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Preface
Introduction

The NASA Engineering and Safety Center (NESC) completed, in 2007, an in-depth assessment
to identify, define, and document engineering considerations for the design, development, and
operations of human-rated spacecraft systems [ref. 1].t The assessment was requested by the
Astronaut Office at NASA’s Johnson Space Center (JSC) to help provide an in-depth
understanding of what is required to ensure reliable, robust, and safe human-rated spacecraft
systems. Experts in reliability, discipline-specific subject matter, and systems engineering were
brought together to synthesize the current best practices, sometimes referred to as “preferred
practices,” at the spacecraft system and subsystem levels.

The Guidance, Navigation, and Control (GN&C) system is a fundamental element of most, if not
all, crewed and robotics space vehicles. Thus, one of the major sections of the 2007 report
(specifically, Section 7) focused on design considerations for GN&C systems for spacecraft. In
addition to examining the GN&C legacy for crewed spacecraft, the 2007 NESC assessment team
also studied GN&C engineering lessons learned from several robotic spacecraft mishaps and
failures. In the process of conducting the 2007 assessment, the team concluded that the
engineering best practices identified from the study of robotic spacecraft experiences also
applied directly to the design, development, and operations of GN&C subsystems for human-
rated launch vehicles and spacecraft. Now in 2023, it has become even more clear that with the
passage of over 15 years there is a tremendous overlap and commonality between GN&C
engineering best practices for crewed and robotic space vehicles.

Critical Need to Share GN&C Best Practices and Lessons Learned

With an unprecedented level of space system development activities ongoing at NASA and our
industry partners, a critical need exists to communicate and more broadly share with the NASA
GN&C Engineering Community of Practice (CoP) the basic set of best practices developed in
2007 and updated herein.

Without question, NASA needs a well-defined set of engineering design guidelines and best
practices for implementing reliable and robust GN&C spacecraft systems, which is the
fundamental purpose of this publication. NASA has recognized that it must improve its process
for identifying, documenting, and sharing lessons learned from development, flight, or research
projects [ref. 45]. The first attempt to more widely share these GN&C engineering considerations
was accomplished in 2007 with the publication of an AIAA paper titled “GN&C Engineering
Best Practices For Human-Rated Spacecraft Systems” [ref. 2]. That paper provided a high-level
summary of GN&C best practices from the 2007 NESC report.

The objective of this NASA Technical Publication is to comprehensively capture and more
widely disseminate the GN&C design best practices identified during the 2007 NESC
assessment. This publication documents, in a standalone reference, the specific GN&C-related
results of the original assessment. The fundamental intent is to improve the GN&C system
design, development, and operations process within NASA and with our industry partners. The

1 Please note that, unless otherwise stated, the references called out in this Preface are from Section 2.1, Additional
Post-2007 References.



creation, review, and wide dissemination of this report is absolutely consistent with the NESC’s
commitment to achieving engineering excellence by capturing and passing along to the next
generation of engineers the lessons learned from the collective professional experiences of
GN&C subject matter experts.

This report will not only provide relevant guidance for early-career GN&C engineers, but also
serve as a useful memory aid for more experienced engineers, especially as a reference for
technical peer reviews of GN&C systems under development.

Report Scope

This report includes the complete original GN&C information and findings that emerged from
the 2007 NESC assessment. In particular, this report attempts to harmonize GN&C engineering
best practices for crewed and robotic spacecraft. This report will provide the reader with:

1. A brief introduction to GN&C system engineering.

2. The driving GN&C interactions and interdependencies with other spacecraft systems.
3. High-level description of the GN&C design, development, and operations process.
4

Discussion of GN&C robustness, reliability, and fault tolerance issues as illustrated by the
history of crewed and robotic GN&C missions.

5. Some historical background highlighting the Gemini, Apollo, and Shuttle GN&C systems for
crewed-mission context.

6. Specific engineering best practices that yield a robust and reliable GN&C subsystem.

Wherever possible, relevant linkages are established between the best practices and specific
lessons learned from past space mission failures and mishaps.

A total of 22 GN&C engineering best practices are described in this report, ranging from
fundamental system architectural considerations to more specific aspects (e.g., stability margin
recommendations) of system design and development. As the reader will see, the first 15 apply
principally to early GN&C engineering work associated with “Architecting the Right System.”
The remaining seven apply to the later stages of the GN&C design, development, and operations
process, mostly focused on the end goal of “Building the System Right.”

For a more complete space vehicle perspective, readers should review the two-volume 2007
NESC assessment report [ref. 1] to understand some of the critical lessons learned and best
practices from other engineering disciplines, such as avionics, software, mechanisms, and
propulsion, that typically interact and interface with a spacecraft’s GN&C system.

Understanding and Applying the GN&C Best Practices

Perhaps surprisingly, the 22 best practices documented in this report are generally applicable to
missions across the broad spectrum of NASA’s science and exploration mission portfolio.
However, it should be understood that the set of NESC GN&C Best Practices from 2007
documented in this report will not be applicable as-is to all project and mission applications.
Some tailoring is to be expected in the process of applying these practices. Prior to using these
best practices, the reader must have a clear understanding of mission goal(s) as well as be able to
assess impacts of the risk posture(s), expected mission environment(s), expected application(s)



and expected mission life. These key elements will set the boundaries and basis for specific
mission-unique GN&C design and development steps. Understanding these elements will help
the reader ascertain which lessons and/or best practices the GN&C design team should focus on
and which may need to be further verified (e.g., environmental conditions, life, redundancy
implementation).

Key Guiding Principles

Many of the following points will be addressed in detail in this report, but it may be useful to
reiterate here for the reader some of the guiding GN&C system engineering principles that
emerged from the 2007 assessment:

1.

Have a solid understanding of overall mission requirements. Obtain a clear and simple set
of prioritized program needs, goals, objectives, and constraints that will form the basis of
GN&C design and development work. Identify the high-level governing documents that
specify relevant NASA Procedural Requirements (NPRs) for the mission. Assess the GN&C
design and development impacts of complying with these NPRs. Understand the mission risk
classification and its impact on GN&C design and development.

Early on, establish the management organization with related responsibilities and
project lines of authority. Manage and lead the GN&C team with simple and easy-to-
understand organizational structures, clear lines of authority, and well-defined roles,
responsibilities, and interfaces across the various team elements.

Specify safety and reliability requirements through a triad of fault tolerance, bounding
failure probability, and adherence to proven engineering practices and standards. The
mission’s risk posture (i.e., risk tolerance) will strongly influence this aspect of the early
GN&C work.

Be intellectually curious and proactive in anticipating potential system failure modes
and anomalistic behaviors. Do not let the design suffer from team member overconfidence
or complacency, which can result in a lack of imagination in the process of envisioning
previously unknown failure modes, investigating system limitations and weaknesses, and
exploring possible recovery paths. Instead, have a healthy skepticism about the GN&C
system and strive to expect the unexpected. Resist the temptation of assumming that past
success will automatically translate to the future. Do not rely exclusively on past lessons
learned to postulate potential failure modes in the new system. Consider the use of “pre-
mortem” analyses and evaluations to anticipate and prepare for potential GN&C system
failure modes and anomalistic behaviors.

Be aware of the curse of complexity. Thoughtfully manage GN&C system complexity by
keeping primary mission objectives as simple and minimal as possible and adding
complexity to the system only where necessary to achieve these objectives. Be aware that as
GN&C system complexity grows, so does the associated spacecraft flight software (FSW)
complexity, which can lead to challenges in managing flight operations and knowing exactly
what to do in off-nominal mission events.

Spend sufficient time early in the mission formulation phase to synthesize a robust
system architecture consistent with mission goals, requirements, constraints, and risk
posture. An inferior GN&C architecture can be brittle, with few robustness qualities.

iv



10.

Desirable GN&C architectures allow for growth in the mission set and have high measures of
effectiveness, safety, reliability, affordability, and sustainability. A superior architecture for
most spacecraft GN&C subsystems typically emerges from multiple face-to-face iterations
between the architects/designers and stakeholders/customers/end users. Coordinating and
directing those iterative interactions and ensuring they occur early and converge soon enough
to facilitate management decisions is an important responsibility of the GN&C system
engineer (SE). Lastly, one cautionary note: One should guard against the tendency to be too
flexible with the GN&C system architecture. Don’t allow changes in the baseline architecture
to be freely made without fully evaluating the consequences with sufficent trade study
analysis.

Formulate the space vehicle’s GN&C requirements with care and thoughtfulness. Keep
in mind that the requirements serve as a means of coordination across the project team and
ensure the accomplishment of mission objectives. Consider that a proper set of requirements
will provide an unambiguous, tangible, and quantitative framework for the entire GN&C
team to work toward. Unlike mission objectives, the requirements can be tailored, adjusted,
or even eliminated to achieve mission objectives, subject to the applied constraints. It is
imperative to be aware that each requirement has a direct and indirect cost. Sufficient trade
study work is necessary to converge on a cost estimate for each requirement. A revealing
exercise is to weigh the total cost of each requirement against its individual contribution to
meeting the mission objectives.? It is good practice to document the rationale for each GN&C
requirement for later traceability back to mission objectives. Avoid the case where
requirements are simply taken from a previous mission and blindly applied to the mission at
hand without adequate review and consideration of their relevance.

Conceive the right system conceptual design early in the life cycle. Thoroughly explore
risks from the top down and use a risk-based design approach to iterate the operations
concept, design, and requirements until the system meets mission objectives at minimum
complexity and is achievable within constraints.?

Seek out and fully utilize independent GN&C subject matter experts. These are
individuals with in-depth knowledge and experience who are not involved in the GN&C
design and development effort under consideration and are willing to provide critical
technical insights and assistance. Engaging with such experts will allow the GN&C team to
benefit from the experience of others. Implementing an engineering peer review process for
technically complex missions is a prudent and proactive step. The project’s GN&C team
should be required to formally address and document its disposition of peer reviewers’
findings and recommendations.

Implement a rigorous approach to GN&C-level risk management consistent with the
mission’s risk classification. Seek and collect warning signs and precursors to safety,

2 These cautionary observations on requirements and their cost were inspired by technical interactions with both
T.K Mattingly and Bass Redd (both from NASA JSC) on the lessons they learned from the real world.

3 A detailed discussion of the risk-based system design approach, and how it can be used to drive a safe and reliable
system with minimum complexity, is provided in Section 2.3.3 in Volume | of the original 2007 NESC assessment
final report [ref. 1].



11.

12.

13.

14.

mission success, and developmental risk throughout the life cycle and integrate those into a
total risk picture with appropriate mitigation activities. Continuously re-evaluate risks and
associated risk mitigations. Strongly advocate for the application of the project’s financial
reserves to buy down, early on, GN&C technical risks when merited (in-flight FSW
algorithm code modifiactions and parameter updates cannot be expected to fix everything).

Do not underestimate the challenges of performing adequate verification and validation
(V&V). Planning for V&V testing should start early in the mission life cycle. V&V testing
and analysis is an expensive endeavor and can consume more time and resources than the
design phase of a mission. This is especially true for complex GN&C systems. Be aware of
the potential for verification gaps due to increased system complexity relative to previous
missions. In the development of a V&YV testing program, the GN&C SE should be guided by
the “Test As You Fly” maxim. This approach includes critical examination where such
testing is not possible or is accomplished in pieces to ensure sufficient test coverage in
expected flight environments and operational sequences. More so than for other spacecraft
subsystems, it can be difficult to “Test As You Fly” for GN&C systems [ref. 46]. GN&C
system testing to scale and to environment is severely constrained by the 1-g ground test
environment. The GN&C V&YV process, therefore, places extraordinary reliance upon
modeling and simulation. It typically requires the use of rigorous high-fidelity models, not
simplified representations. Modeling assumptions, limitations, and uncertainties should be
well understood and documented. Models and simulations need to be independently
validated. Clear plans and procedures for certifying all GN&C V&YV testbeds and test
environments should be established.

Apply a multilayered “defense in depth” approach by following proven design and
manufacturing practices, holding independent reviews, inspecting the end product, and
employing a “test as you fly, fly as you test” philosophy. Flight history has shown us that
there is no component, subsystem, or system completely free from potential failure and/or
anomalistic behaviors. Ensuring safety and reliability in a complex system operating in
uncertain environments argues for overlapping and diverse methods to not only develop the
system properly, but also provide maximum coverage for identifying and screening potential
problems. No single layer will function perfectly in producing a safe and reliable system. All
the layers are needed to synergistically provide the opportunity and coverage necessary to
ensure details have been adequately considered. A multilayered approach, as shown in
Figure 1 below, has been proven successful in developing space systems to function as
intended and required and also allowing the discovery of potential catastrophic problems
[ref. 1, vol. 1, Executive Summary].

Employ a “Fly As You Test” approach during the flight operations mission phase. This
limits the chance of encountering an unexpected interaction among system elements and their
environments not previously explored during verification testing.

Ensure that sufficently detailed GN&C documentation is created and configuration
controlled at all steps of the system design and development process. In particular, all
assumptions should be well-documented. It is a best practice to document early in the design
and development process the GN&C coordinate frames and system of units to be employed.
Lastly, obtaining suffcient supporting documentation from the GN&C component vendors is
also a critical need.

Vi



15. Consider, during the design and development stages, any potential GN&C
requirements for the support of End-of-Mission disposal functions and operations. This
activity is also known as End-of-Life disposal, decommissioning, controlled reentry, or
simply disposal. Often such requirements exist for robotic spacecraft in Low Earth Orbit
(LEO) and Geosynchronous Earth Orbit (GEO). Many robotic spacecraft in these orbital
regimes must, per international guidelines, be properly disposed of to limit the growth of
orbital debris and better preserve orbital environments for future missions. Looking back, we
see that the 2007 NESC assessment did not formulate specific GN&C best practices for the
End-of-Mission disposal phase. In the future, the NESC may consider updating the 2007 set
of GN&C best practices to leverage the design, development, and operational lessons learned
from NASA’s experiences with spacecraft disposal.

Skepticism, Curiosity,
. and Imagination to
Experience Bazards "Expect the Unexpected"

_ﬁ \\\ \ \‘ Design and Manufacturing Proce

e e e e e

"Induced
Hazard"

Understanding the Team
Mission Objectives and of Accident Communications
How to Achieve Them Mishap Including Suppliers

Figure 1. Multilayered Approach Produces a Reliable System

One final thought about GN&C system complexity: When mission needs (e.g., GN&C
performance requirements) are pushed to the limit, complexity emerges as a key system design
consideration. Complexity and reliability are in direct opposition. Addressing the challenge of
discovering system unknowns means ensuring that complex systems are testable and verifiable
prior to flight. Thus, complexity should be limited to what is needed to accomplish the mission
such that the outcome is a testable GN&C system design.

Post-2007 Activities Relevant to GN&C Best Practices

Since the 2007 NESC assessment covering design, development, and operations engineering best
practices for human-rated spacecraft systems, several other studies and analyses (many, but not
all, sponsored by the NESC) have focused on GN&C system lessons learned and best practices,
GN&C V&V challenges, GN&C technology challenges, and the strong trend towards employing
higher levels of GN&C system autonomy. The results of these related post-2007 activities are
listed in Section 2.1 as additional new references [refs. 4-29]. | strongly recommend the reader

vii



examine these references for their positive practical value. One that I particularly want to
highlight is the NESC’s Navigation Filter Best Practices assessment report, published in 2018
[ref. 21]. This useful document succinctly captures 50 years of NASA experience in making
design choices for spacecraft onboard navigation filters.

Otto von Bismarck, the man credited with creating the modern German state, is known to have
said “Only a fool learns from his own mistakes. The wise man learns from the mistakes of
others.” With this sentiment in mind, it is informative and potentially insightful to momentarily
step back from a narrow focus on the GN&C subsystem and consider, from a historical
perspective, the broader fundamental, systemic, and underlying issues that have led to past
failures and mishaps at NASA. To this end, the NESC completed an assessment in 2020 that
looked into the recurring causes underlying human spaceflight mishaps during flight tests and the
early operational phase [ref. 29]. Eight mishaps from the Apollo, Soyuz, Skylab, Space Shuttle,
and Constellation Programs (i.e., the Ares-1X test flight) and commercial suborbital systems
were included in the study. As documented, the nine most frequently recurring causes of the
failures and mishaps studied by the NESC were:

1. Inadequate technical controls or technical risk management practices (e.g., inadequate
readiness reviews, technical issues, or safety hazards not sufficiently analyzed with failure
modes and effects analyses (FMEAS), process FMEASs, hazard reports, risk analyses, and
similar methods, and inadequate aggregation of incremental technical risks).

2. Incomplete procedures (e.g., missing steps; situations or scenarios not adequately covered
by written procedures).

3. System design and development issues (e.g., testing, human-system integration, material
selection, and modeling and simulation issues).

4. Inadequate inspection or secondary verification requirements (e.g., missing or deficient
requirements; requirements based on incorrect assumptions).

5. Inadequate organizational learning systems (e.g., unlearned lessons within or outside
human spaceflight organizations).

6. Inadequate schedule controls (e.g., unrealistic schedule goals; lack of schedule
coordination).

7. Inadequate task analysis and design processes (e.g., missing or deficient task analyses;
emergency/contingency procedure issues).

8. Organizational design issues (fragmented organizations; organizations with unclear
accountability for integration functions).

9. Organizational safety culture issues (e.g., complacency and competing internal cultures).

Several of these causes should resonate with those of us within the GN&C CoP, regardless of
whether we are working on GN&C systems for crewed or robotic spacecraft. Key examples
include technical issues not sufficiently analyzed with failure modes and effects analyses,
modeling and simulation issues, missing or deficient requirements, requirements based on
incorrect assumptions, inadequate organizational learning systems, unlearned lessons, and
complacency. We should be ever mindful of these underlying issues as we go about our GN&C
design and development work.

viii



Final Thoughts and Observations

In closing, let me emphasize what we all know but perhaps lose sight of in the face of cost,
schedule, and other pressures and constraints:

As NASA’s spacecraft designers, we are all personally responsible for
developing safe, robust, resilient, and reliable spacecraft for performing
demanding robotic and human space exploration missions.

The significant investment of NASA resources for implementing these space systems requires us
all to strive to meet high standards of reliability and mission success. The designers and
developers of GN&C systems for NASA’s spacecraft must, like our colleagues in the other
engineering disciplines, be fully committed to this goal. Among our scientists and human
exploration architects, the trend to continually push space system engineers to provide higher
levels of performance while operating in uncertain, and in some cases unknown, environments
only heightens the challenge. From the admittedly rather narrow viewpoint of regarding GN&C
as a standalone engineering discipline, we see an exceptional historical success rate of spacecraft
GN&C system designers and developers. And while this is true, we all must remain vigilant and
strongly resist complacency in our day-to-day engineering activities.

While we surely are personally responsible for, and should take ownership of, developing safe,
robust, and reliable spacecraft, we are not working alone. In a talk given more than 45 years ago
[ref. 3], astronaut Deke Slayton delivered a powerful message emphasizing the point that mission
success depends on everyone on the team being engaged in the design and development process:

“Crew safety is not a discrete function performed by specialists at a specific
time and place in a program. It is embodied in the total efforts of everyone
involved in a project, from concept through completion. ... Mission success
and crew safety carry almost identical definitions in manned spaceflight.”

The expectation is that the GN&C best practices documented in this report will evolve and be
refined over time. Flight experiences, refinements in engineering practices/tools, and technology
advances will all shape this evolution. | encourage the NESC GN&C Technical Discipline Team
(TDT) to continue to update this list, and for individuals from within the GN&C CoP to submit
new GN&C lessons learned and recommended best practices to the NESC.

Reader feedback on this report in general, as well as readers’ specific comments and
recommendations on how to improve the GN&C engineering CoP at NASA, will be most
welcomed by the NESC, most of all by the NASA Technical Fellow for GN&C. In particular, |
encourage the members of our GN&C CoP to be as open and candid as possible in
communicating and documenting their individual experiences and lessons learned. We all share
the responsibility to provide future GN&C teams with technical advice that can increase their
effectiveness and efficiency and build on the experiences of our hard-working CoP.

Cornelius J. Dennehy

NASA Technical Fellow for GN&C
March 2023

Greenbelt, Maryland USA
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Abstract

This document summarizes and updates the NESC Guidance,
Navigation, and Contro! (GN&C) Technical Discipline Team’s (TDT)
work to synthesize and document the current best practices for the design
& development of robust and reliable GN&C systems for robotic and
crewed (human-rated) spacecraft. These GN&C best practices for future
science and exploration missions were derived from the lessons learned,
both positive and negative, on earlier spaceflight projects, both robotic
and crewed. An attempt has been made to capture preferred practices
that reflect the key considerations, trades, and processes directly
attributed to past mission success.

1.0 Guidance, Navigation, & Control

This document summarizes the NESC GN&C TDT’s work to synthesize and document the
current best practices for the design & development of robust and reliable GN&C systems for
robotic and crewed (human-rated) spacecraft. These GN&C best practices for future science and
exploration missions were derived from the lessons learned, both positive and negative, on
earlier spaceflight projects, both robotic and crewed. An attempt has been made to capture
preferred practices that reflect the key considerations, trades, and processes directly attributed to
past mission success. In this section of the report, the GN&C interactions with other spacecraft
systems will be highlighted and a high-level GN&C DDT&E process will be described.
Subsequently, a discussion of GN&C robustness, reliability, and fault tolerance issues, as
illustrated by the history of crewed and robotic GN&C missions, will be presented. Lastly, the
specific engineering best practices that yield a robust and reliable GN&C subsystem are listed.
Wherever possible, relevant linkages are established between the best practices and specific
lessons learned from past space mission failures and mishaps.

The purpose of this section of the report is to provide useful guidance, in the form of best
practices and other considerations and criteria, to the formulation, architecture, design,
development and operation of GN&C systems for NASA’s future human-rated spacecraft. It is
sincerely hoped that engineers and managers can use this information as an experience-based
checklist that will increase design consistency, increase efficiency of the overall DDT&E effort,
and most importantly, increase confidence in the safety and reliability of the human-rated
spacecraft’s GN&C end product.

1.1 Introduction to GN&C Subsystem Engineering

The term GN&C covers a broad range of spacecraft engineering activities and specialties related
to determining and controlling the dynamic state of a vehicle as necessary to meet mission
objectives. A spacecraft’s GN&C system is critical to executing space mission operational
functions, such as orbital insertion; Sun acquisition; Earth acquisition; target acquisition;
pointing and tracking; rendezvous; orbital/trajectory Delta-V propulsive maneuvers; entry,
descent and landing attitude maneuvers; and velocity changes, as well as the articulation of



multiple platform appendages such as solar arrays and communications antennas. The functional
definitions for GN&C that will be adopted for this discussion are the following:

The function of a spacecraft GN&C subsystem is to determine and to control the position,
velocity, acceleration, attitude (i.e., orientation), and attitude rate of the spacecraft, with respect
to prescribed coordinate reference frame(s), in a manner that satisfies requirements for all
mission phases.

1. Guidance is the determination of a trajectory from a current position/velocity/attitude state to
a desired position/velocity/attitude state, satisfying specified costs and constraints, such as
fuel expenditure, safety, dynamic/thermal loading, and time criticality. Real-time guidance
laws are embodied as time-critical algorithms implemented in the FSW, which runs on the
spacecraft processor. In non-real-time applications, guidance law computations are executed
in ground computers to determine the guidance commands, which are then uplinked to the
spacecraft. In either case, these algorithms must provide safe, stable, efficient trajectories
throughout different mission phases, spacecraft configurations, and operating modes.

2. Navigation is the determination of the current dynamic state of a moving platform in a
specified coordinate frame. Navigation is implemented by using a specific sensor suite that
provides data to the FSW navigation algorithms, either in a raw format or pre-processed by a
navigational receiver. This sensor data are processed to determine the best estimated
spacecraft position, velocity, acceleration, attitude, and attitude rate at a given time with
respect to a selected reference frame.

3. Control is the determination of the commands to the spacecraft’s force and torque actuators
that regulate the vehicle’s six degree-of-freedom (DoF) motion. The primary role of the
spacecraft controls is to maintain vehicle stability at all times while driving the navigated
state to the desired guidance state by issuing commands to the appropriate actuators.
Automatic feedback control systems employ sensors to measure and compare the guidance-
generated input commands with the output responses. Control system feedback compensation
ensures stable motion for spacecraft attitude pointing/tracking operations for all mission
phases, including large re-orientation maneuvers as well as orbit maintenance/trajectory
correction propulsive maneuvers. Control involves algorithms encoded into spacecraft FSW,
or embedded into the micro-controllers of servo-electronic mechanisms, as well as actuators
for active control through mass movement (e.g., reaction wheels and control moment
gyroscopes (CMGs)) or mass expulsion (e.g., engines, thrusters, and jets). Depending on the
spacecraft design and mission phase, there may also be aerodynamic control surfaces,
parachutes, and brakes used for controlling the vehicle.

1.2 Overview of GN&C Section

Best practices for future missions derive from lessons learned, both positive and negative, on
earlier programs. The space system GN&C engineering best practices documented in this report
reflect key considerations, trades, and processes directly attributed to past mission successes.

This section highlights the interactions of GN&C with other subsystems, providing the
discussion for Best Practice #1 in Section 1.6.



Section 1.3 covers the high-level GN&C DDT&E process, emphasizing the subdivision of the
overall DDT&E activity into distinct phases: Early Work and Late Work. The key steps in the
GN&C DDT&E process are identified, as are typically encountered problems and issues.

Section 1.4 focuses on robustness, reliability, and fault tolerance issues illustrated by the history
of crewed and robotic GN&C missions, highlighting lessons learned and linking the reader to the
related best practices.

Section 1.6 is the heart of this GN&C discussion, and the reader’s attention is directed there to
view key GN&C-related findings of this study. This section presents specific engineering
practices that yield a robust and reliable GN&C subsystem. A comprehensive list of 22 GN&C
best practices, as identified by this NESC study, is provided. The many and varied sources used
to uncover and gather this super-set of GN&C best practices will be described. These 22 best
practices are divided into two major categories, consistent with the overall philosophy of this
report: one category that applies to the Early Work phase of the overall DDT&E effort and
another that applies to Late Work. The first set of best practices (1 through 15) applies
principally to the early GN&C engineering activities associated with “Architecting the Right
System,” whereas the second set (16 through 22) applies to the later stages, focused on the end
goal of “Building the System Right.” Furthermore, readers will see that a standardized approach
is employed to present each GN&C best practice. Each best practice is cited, then followed by a
supporting technical discussion to describe, expand upon, and amplify its significance. Then,
wherever possible, relevant linkages are provided to specific space mission and/or spacecraft
lessons learned extracted from various NASA databases and other sources. These linkages are
provided to showcase tangible real-world examples of mission failures and spacecraft mishaps
that have occurred in the past as a direct result of not applying or adhering to the specific GN&C
best practice cited. Lastly, a set of relevant questions is listed. These questions have a dual
purpose. Primarily, they identify specific detailed areas for reviewers to probe as an aid in
determining whether (and how well, and to what extent) the cited best practice is being adhered
to by the GN&C development team being reviewed. Secondarily, the questions provide another
means of exposing and highlighting the underlying nature and detailed aspects of the specific
practice being cited.

1.3  GN&C Interactions with Other Subsystems

The GN&C subsystem is a mission-critical element in NASA’s human-piloted and robotic
spacecraft. A key point that repeatedly emerges from the review and evaluation of GN&C
Lessons Learned over the years is the need to search out, identify/recognize, and acknowledge
the strong interdisciplinary relationships that often exist between GN&C and other spacecraft
subsystems. As Ryan stated in his 1985 report [ref. 1],* the design of high-performance and
dynamically complex space systems can produce flight articles with a high sensitivity to
parameter variations and reduced margins of stability and safety. More importantly, Ryan also
stated, based upon his experiences during the Apollo, Skylab, and Shuttle Programs, “In space
systems, most dynamic problems do not occur in one isolated discipline, but are an interaction
between several disciplines or subsystems.” So true.

4 Please note that in Section 1 of this document, unless otherwise stated, the references called out are from Section
2.2, Original Report References.



GN&C subsystem engineering typically interacts with almost all of the other spacecraft
subsystems. Figure 1.3-1 is an influence diagram depicting these multiple mission-critical
interactions. An extremely important role of the GN&C SE is communication and coordination
with other spacecraft subsystem leads. GN&C requires closing the loop around vehicle and
human dynamics; therefore, it is of utmost importance to understand how faults in other
subsystems will affect GN&C.

T

Structures

Figure 1.3-1. GN&C Subsystem Influence Diagram

GN&C functionality is composed of hardware and software components. In many modern
spacecraft system architectures, these components are scattered across several subsystem
elements. This introduces challenges unique to GN&C, since the GN&C function must levy
requirements upon each of those subsystems and ensure appropriate elements work together to
achieve GN&C functionality and performance.

Tables 1.3-1 and 1.3-2 indicate the GN&C subsystem’s driving interactions, often in the form of
derived requirements, with the other subsystems. Experience has shown that the path of ignoring,
over-simplifying, or overlooking the critical need for compatible design interactions among the
subsystems is a perilous one.



Table 1.3-1. Driving Interactions from GN&C to Other Subsystems

GN&C

GN&C subsystem power consumption by mode or phase

Special GN&C component power regulation and conditioning required Power

Solar array drive pointing and tracking command signals

Redundant jet orientations and/or gimbaled engine DoF and range required for control fault

tolerance, force/torque constraints )
Propulsion

Requirements for CFD modeling of liquid propellant slosh motions
Requirements for liquid propellant management (e.g., anti-slosh) devices

Minimum requirement for crew modaule lift over drag (L/D) ratio for entry flight path control
Aerodynamic parameters for launch abort scenario stability and control analyses

Aerodynamics

Special thermal range, gradient or stability required for GN&C sensors or actuators

GN&C power dissipation changes with equipment in use/modes creates different thermal Thermal
loads & load variations due to changes in power profile
Mass properties constraints
Constraints on flexible mode frequencies
Sensor size, placement, harnessing, and field of view (FOV) interference requirements Structure
Sensor orientation, distribution, or FOV required for operation and fault tolerance (not just
sensor orientation, but on-orbit orientation alignment stability)
Flight processor throughput/memory sizing, and fault tolerance
Time-critical interface concerns (real-time, deterministic)
Sensor readout and actuator command delays L.
] Avionics
Command/data interfaces
Downlink telemetry/status data timeliness, format, and bandwidth
Validation and confirmation of uplink commands
Algorithms
Time-critical processing concerns
Fault tolerance
Units . Software
Coordinate frames
Data formats
Fault detection/isolation of the sensor suites (processing/switching required on sensor
suites) data monitoring needs (BIT, trending, algorithm, filter bounds)
Mission phase functions: manual versus automatic capabilities Crew

Mission phase: contingency plans, capabilities, limitations

GN&C telemetry parameters, data rates and scaling for nominal and contingency operations
(dwell telemetry and diagnostics)

Establishment of valid GN&C telemetry limits for crew and ground displays, as well as
establishment of valid thresholds for yellow caution and red alarm telemetry monitors

Communications

GN&C state information for safing reconfigurations

Payload

Backup of GN&C/crew

Restart/reinitiate capabilities and needs

GN&C failure modes/limitations and recovery paths

Indications of GN&C failure

Requirement to provide high-level mission plan/re-plan sequence
Primary position reference information

Ground Control




Table 1.3-2. Driving Interactions from Other Subsystems to GN&C

Power

Available launch/early orbit battery power for despin and initial acquisition
Solar array pointing and tracking control interface

Redundancy of power sources

Power available: regulation, transients, high-low limits

Frequency and amplitude of disturbances from solar array drive(s)

Propulsion

Propulsive actuator interface functionality and performance: scaling, linear vs. pulse, operating
constraints, response times

Number of thrusters, distribution, orientation, thrust inefficiency, thruster control authority,
minimum impulse bits

Thrust Vector Control (TVC) gimbal DoFs, dynamics and range of motion, TVC gimbal friction
Plume impingement force/torque disturbances, de-stabilizing liquid propellant sloshing dynamics,
energy dissipation

Propellant tanks, manifolding, valves, tank baffles and/or management devices (PMDs)

Aerodynamics

Analytic and wind tunnel predictions of L/D ratio for crew module entry flight path control
Atmospheric model density predictions

Thermal

Special attitude maneuvers and orientations required for thermal control and/or thermal safing
(e.g., solar avoidance or solar intrusion constraints)

Temperature gradients (diurnal and mission variations)

Nominal and extreme temperatures (survival and operating)

Structure

Mass properties for stability, center of gravity location, and knowledge of location
Disturbance and vibration sources and isolation
Destabilizing flexible body or modal dynamics and controls-structures interactions

Avionics

Data bus architecture and on-board computer for real-time-critical GN&C processing
General-purpose computer configuration and fault detection, isolation, and recovery (FDIR)
reporting

Data storage

Available time reference/time reference maintenance

Ground communications (up and down)

Software

FSW code and data for real-time-critical mode-dependent GN&C processing

GN&C mission support ground software, ground software to FSW interface

Mechanisms (performance that gets flagged) and indications of fault status/switching actions
Options to intervene in software routines by ground or crew

Access to intermediate calculations, algorithm inputs/outputs

Crew

Displays, monitors, alarms, and control input devices
Manual control requirements and capabilities

Manual abort requirements and override capabilities
Training and associated training simulators/facilities

Communications

Frequency and amplitude of disturbances from antenna positioning mechanism(s)
Antenna pointing and tracking control interface

Interference (glinting, masking and shading) of critical GN&C sensors and thrusters due to
antenna motion

Payload

Image quality requirements (e.g., jitter and smear requirements, vibration susceptibility)

Agility requirements (e.g., large-angle slew requirements, re-pointing frequency requirements)
Frequency and amplitude of disturbances from payload scanning/steering/pointing mechanism(s)
Payload control signal interfaces for safe-mode and other possible functions

Fine guidance sensor error signals from payload to augment pointing

Ground Control

GN&C status/failure/loss of function indications

Intervention capabilities/ ops contingency modes
Command/confirmation structure and execution sequence and reporting
Precision of ground navigation info, regions where available/unavailable

GN&C




1.4 Overall High-Level Design Process/Drivers

The typical GN&C design and development process poses challenging and complex technical
problems for an engineer. GN&C is a broad area that encompasses many areas of engineering,
mathematics, and science, such as:

e Attitude, orbit, and trajectory analysis and mission design.

e Automatic feedback control system design and analysis (from single-input/single-output
servo-mechanism loops to multivariable controllers with many interacting loops).

e Dynamics (spanning the range from simple single rigid body dynamics to complex multiple
interconnected flexible bodies with energy dissipation).

e Kinematic analysis.

e Avionics and instrumentation.

Navigation (including attitude) sensor hardware design, development, integration, and

operation.

Actuator hardware design, development, and integration operation.

Sensor and actuator calibration.

Modeling and simulation.

Optimization techniques.

Estimation filter design (e.g., Kalman filtering for attitude determination).

Algorithm design and development.

System integration and test.

Flight operations.

The design and development process is typically led by a GN&C SE supported by a core team of
mission trajectory/orbit designers, dynamists, control system analysts, attitude
determination/estimation specialists, navigation engineers, sensor/actuator hardware engineers,
and simulation/test bed development specialists. The primary responsibilities of the GN&C SE
are to sufficiently coordinate with the stakeholder (which could be the Project Office or, in some
cases, the actual end user/customer) to fully understand the mission-level GN&C design drivers
and to clearly define flow-down to others, and document the comprehensive set of GN&C
requirements.

The overall GN&C system DDT&E process flowchart is depicted in Figure 1.4-1. Later in this
report, Figures 1.5-1 and 1.5-2 will lay out the GN&C-specific DDT&E process in a detailed
format.

Figure 1.4-2 provides a broad aggregate list of potential threats to a successful GN&C system
DDT&E process. It is highly unlikely that any single system development would fall victim to
all, or even many, of the items depicted in the notional “GN&C Threat Cloud.” An examination
of the historical record does reveal, however, that several GN&C systems have been seriously
victimized by one or more of the items called out in Figure 1.4-2, either during their design,
development, test, or operational phases.

There are several points to be emphasized here: Spacecraft GN&C design and development
mistakes are being repeated by projects. Lessons learned from past failures and mishaps are not
being sufficiently infused into NASA’s day-to-day GN&C engineering processes. It also appears
that many previously established lessons learned must be relearned. The continued repetition of



the same GN&C mistakes poses a risk to mission success that is potentially avoidable. GN&C
engineers would be well served to keep this list of “what can go wrong” pitfalls in mind as they
perform their daily job functions. Design reviewers could also use the items called out in Figure
1.4-2 as a top-level checklist to prompt inquiries into areas that have historically been
problematic for GN&C system development. More importantly, the set of GN&C engineering
best practices identified in Section 1.6 will serve as a resource for GN&C engineers. If
rigorously adhered to, these GN&C best practices can effectively protect against the threat items
cited in Figure 1.4-2.

Lastly, before leaving this general discussion on the GN&C design and development process, it
is imperative to touch upon the importance of conducting early architectural trade studies. The
choice of architecture affects the way in which systems are designed, built, tested, and operated.
In reference 30, Crawley and his co-authors describe/summarize, in an abstract manner, the role
and influence of architecture in the process of creating complex systems. They argue for the
importance of architecture as a determinant of system behavior. Architectures are not static, but
evolve over time. Architectures have behaviors that no subsets of their constituent elements
have. These higher-level architectural behaviors are the by-product of all their inter-element
interactions. The fundamental aim of the architectural development process is therefore to obtain
the desired behaviors (i.e., functional performance plus all associated “-ilities’’) while
suppressing the undesired behaviors.

History, especially the Apollo Program, shows the value of performing early up-front
“architectural design trade” work. Robustness and reliability must be “architected in” as part of
the early steps of the GN&C systems engineering process. It is relatively easy to identify a
superior GN&C architecture. It is one with the desirable attributes of allowing for growth in the
mission set and possessing high measures of effectiveness, safety, reliability, affordability, and
sustainability. Inferior architectures may be overly complex and are typically difficult to
produce, test, operate, support, service, and upgrade. They are often prohibitively costly to adapt
to evolving mission scenarios as the life-cycle extends beyond the anticipated timeframe of the
spacecraft’s service life. An inferior GN&C architecture can be brittle, with few robustness
qualities.

The selected architecture will directly influence the physical complexity, functional behavior,
and performance of the GN&C subsystem, along with the related properties of safety, ease of
implementation, operational complexity, affordability, robustness, serviceability, adaptability,
flexibility, and scalability. As will be described under Best Practice #1 (Section 1.6),
architectures for most human-rated spacecraft GN&C subsystems are typically formulated via
multiple closed-loop iterations between the architect team, system designers, and the stakeholder
community. During the architectural development process, the mission requirements, operations
concept, and architecture/system design are all traded off against each other and against some
risk posture for the program. Coordinating and directing those iterative interactions and ensuring
they occur early and converge soon enough to facilitate management decisions is an important
GN&C SE responsibility.
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1.5  History with Links to Best Practices

This section provides a historical perspective on the topics of GN&C systems, safety, robustness,
reliability, and fault tolerance. The history of select crewed and robotic missions is discussed to
review relevant GN&C system DDT&E experiences, highlight the lessons learned, and link
readers to the related best practices.

1.5.1 GN&C History for Crewed Spacecraft

The basic GN&C architecture and evidence for early-stage analysis and design will be discussed
here for the last three crewed programs: Apollo, Shuttle, and the International Space Station
(ISS). Discussions of the robustness, reliability, redundancy, and fault tolerance of the selected
GN&C architectures for each of these programs are also included, along with the steps taken in
the late development, integration, and test phases to achieve the design intentions.
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The historical record shows clearly that U.S.-crewed space efforts all conducted thorough
analysis and design trades early in their development. They performed GN&C architecture trades
in the context of mission concepts and risk evaluation. The chosen architectures varied widely
among programs, which is not surprising given their very different mission objectives and
requirements.

Apollo

The goal of the Apollo Program was to place human exploration teams on the Moon and return
them safely to Earth. A spacecraft consisting of three modules was launched on a trajectory to
the Moon by a Saturn V launch vehicle. The Command Module, designed for atmospheric re-
entry, was the home for the three-man crew during most of the trip. The Service Module
provided maneuver propulsion, power, and expendable supplies, and was jettisoned before re-
entry into the Earth’s atmosphere. The Lunar Module (LM) was the vehicle that actually made
the lunar descent. The module carried two crew members to the lunar surface while the other two
modules remained in lunar orbit. It then returned to lunar orbit, rejoined with the Command
Module, and was jettisoned after crew transfer.

A concise description of the primary GN&C system for the Lunar and Command Modules is
provided in reference 2. In the report, one of many written in the early 1970s to document the
design and development experiences of the Apollo Program, the Apollo primary guidance
system is traced from the initial adaptation of the Polaris A-3 guidance system through its
evolution from Block | to Block 11 configurations. A discussion of the design concepts used, as
well as the test and qualification programs performed, is also included. The report documents the
heritage and evolution of the Apollo navigation sensors and guidance computer. Among the
technology mentioned is the use of Polaris gyroscopes and accelerometers, as well as computer
design and real-time input/output interrupt concepts originally developed by Dr. Charles Stark
Draper and his team at the Massachusetts Institute of Technology Instrumentation Laboratory
(MIT-IL) for a Mars mission.

Early design trades and drivers were thoroughly analyzed before building and testing, as
documented in the series of MIT-IL “E” reports. The performance requirements for the inertial
subsystem, or indeed for the guidance and navigation system, were never clearly specified during
the early program phases. The error analysis of the trajectories and early mission studies were
performed by MIT, and a set of reasonable design specifications was formulated using the
analysis results. From an inertial performance standpoint, the inertial measurement unit (IMU)
error analysis revealed that moderate performance capability would suffice for crewed missions.
The most critical parameter was identified as the gyroscope bias drift, which was the result of the
long period between alignment and thrust termination. The analysis also indicated that rather
large errors in acceleration sensitive gyroscope drifts could be easily tolerated, as well as
moderately large-scale factor errors. A decision was made to conform to the more demanding
Polaris A-3 missile inertial system performance requirements because of two factors: 1) the early
Apollo test flights were to be uncrewed, thus not permitting the alignment, and 2) the tighter
performance requirement would be indicative of and conducive to higher reliability. Another
factor in the decision to adopt the tighter IMU performance specifications was that at this early
point in the Apollo Program, the flight duration and flight path trajectories of the uncrewed test
missions had not yet been established. By deciding early to go with the higher-performance
IMU, program managers were able to compensate for this uncertainty in the definition of future
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missions and also to avoid any downstream IMU retrofit cost and schedule impacts. Indeed, as it
turned out, because of the variety of mission profiles flown, a different inertial system error
component was predominant for each of the uncrewed Apollo test flights [ref. 2].

The success of the Apollo Program is considered evidence that this early design work constitutes
a best practice. Design drivers and trades included:

Navigation instrument selection.

Three-gimbal versus four-gimbal IMU platform trades.
Mission phases and duration.

Program schedule and resources.

The Apollo-era reports reviewed as part of this NESC study consistently stressed the importance
of defining the design environment and early and late testing to evaluate the design and
workmanship against this environment. In one such report [ref. 3], Dr. George M. Low listed,
“Three of the basic ingredients of the success of Apollo: spacecraft hardware that is most
reliable, flight missions that are extremely well planned and executed, and flight crews that are
superbly trained and skilled.” The report is a series of eight articles reprinted by NASA under
the collective title of “What Made Apollo a Success,” used with permission, from the March
1970 issue of Astronautics & Aeronautics, a publication of the American Institute of Aeronautics
and Astronautics (AIAA).

In his own 1969 AIAA paper [ref. 4], simply titled “Apollo Spacecraft,” George Low also
attributed the overall Apollo success to reliable hardware, thoroughly planned and executed
flight operations, and skilled, superbly trained crews. Major factors contributing to spacecraft
reliability are simplicity and redundancy in design, an emphasis on tests, a disciplined system of
change control, and closeout of all discrepancies. In the Apollo design, the elimination of
complex interfaces between major hardware elements was also an important consideration. The
use of humans in flying and operating the spacecraft evolved during the course of the program,
with a tendency to place more reliance on automatic systems. However, the capability for
monitoring and manual takeover was always maintained. The spacecraft test effort was increased
during the 18 months preceding the first crewed flight, with emphasis on environmental
acceptance testing. This test method screened out a large number of faulty components prior to
installation [ref. 4].

Clearly, the success of the Apollo missions was attributable in large part to the program’s
philosophy of “Testing to Ensure Mission Success” [ref. 3, chapter 3, by Scott H. Simpkinson].
The concept of allowing no unexplained test failures was the foundation of a discipline that
enabled success to be achieved in the complex national goal called Apollo.

The different types of testing employed revealed numerous design and development problems.
Time and effort were expended early on to formally define design environments for Apollo:
acceleration, vibration, shock, temperature, humidity, pure oxygen atmosphere, electrical input
power, pressure, etc. Subsequently, two major Apollo test phases were executed:

e Design evaluation testing: This testing was performed early in the design phase, using
mockups, prototypes, and first-article development hardware to ensure that the equipment as
designed did indeed have the integrity and capability to meet and exceed performance
requirements and determine and define margins and design limitations in excess of
requirements. The design of each element was rigorously examined with regard to thermal
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evaluation, mechanical integrity, marginal voltages, vacuum, functional and operating
characteristics, stability, alignment, system integration, and interface requirements. Other
peculiar characteristics or environments to which a particular element was sensitive, such as
humidity, salt, contaminants, and electromagnetic interference, were also examined.

e Formal qualification testing: The goal of this test program was to ensure performance under
mission environmental conditions.

An example of a major problem area for GN&C revealed by testing was the contamination of the
Apollo IMU gyroscopes during production. Testing also revealed gyroscope wheel bearing
failures due to extended operational hours.

More detailed descriptions of the GN&C system, its designs, and the design approach can be
found in the MIT-IL R-700 Final Report series, Volumes I-V, which documents the role of MIT
in Project Apollo [ref. 64]. In particular, the evolution of the Apollo inertial subsystem design is
described in Volume 1V of that report, which discusses the following topics:

Historical background of the Apollo GN&C

Gimbal system arrangement

Design characteristics

Component selection

Gyroscopes, accelerometers, component configuration control, component data management
IMU design

IMU angle resolvers, temperature control

System design consideration

The sections referenced above discuss the process the team went through to translate mission
needs into designs that would work under the given weight and power constraints. Similar
conceptual design considerations and trades are documented for the optical subsystem and the
guidance computer (Section 1 in both Volumes Il and I11). The historical background in Volume
IV points out that the Apollo GN&C work built upon a 1957-1959 MIT-IL study on a
recoverable interplanetary probe, which identified the required onboard sensors for spaceflight.
The MIT-IL team also leveraged the Polaris missile GN&C system development results for the
Apollo GN&C [refs. 5-7].

The Apollo GN&C system was a single-string mechanization with no redundant features.
Mission success required a fully functioning system. Several aspects of the program’s execution
(the “Late Work” phases of the DDT&E process) that produced the robustly performing system
were an emphasis on component reliability, extensive testing, built-in fault responses, and early
and thorough crew participation and training.

The robustness of the system resulted from testing and qualifying to a conservative, formally
defined design environment. To achieve component reliability, rigid quality control processes
were developed and applied on all parts used, with special NASA fabrication lines using NASA-
certified trained assemblers. Inspections of the build lines at the industrial contractors were
continuously performed. Special reliability screening methods were put in place for the inertial
components (e.g., gyroscopes and accelerometers). In one instance for gyroscopes,
approximately 230 in a 270-lot build were rejected on the basis of a “failure prediction screening
test.” At the electronic device level, all devices were tested. If a sample in a run proved
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defective, the entire lot was quarantined. Failed devices went through detailed teardown failure
analysis to preclude defect migration problems.

Extensive component-level testing, stress testing, and integrated GN&C system testing was
performed. A flight readiness certification was made on all systems. Integrated system-level tests
were conducted at MIT-IL and JSC.

The Apollo computer’s ability to detect faults using built-in test circuits was provided, since it
was known that digital equipment was sensitive to transient disturbances and a method of
recovery from transient faults was desirable. The outputs of these fault detection, isolation, and
recovery (FDIR) circuits generated a computer restart, i.e., transfer of control to a fixed program
address. In addition, an indicator display was turned on. If the fault was transient in nature, the
restart would succeed and depressing the error reset key could clear the restart display. If the
fault was a hard failure, the restart display would persist and a switch to a backup operating
mode was indicated.

Apollo astronaut participation in the development cycle was typical, intensive, and necessary. It
resulted in several design changes that enhanced manual operation. In addition, this training
proved invaluable in handling contingency problems that arose during flight missions.

In reference 8, Hoag provides an excellent, succinctly readable history of the on-board Apollo
GN&C system development written from the point of view of someone who personally
experienced that process.

In closing this section, it is fitting to repeat the words of Dr. Charles Stark Draper, from the
foreword of the MIT-IL R-700 final report [ref. 64]:

Man’s rush into spaceflight during the 1960s demanded fertile imagination,
bold pragmatism, and creative extensions of existing technologies in a myriad
of fields, The achievements in guidance and control for space navigation,
however, are second to none for their critical importance in the success of this
nation’s manned lunar-landing program, for while powerful space vehicles
and rockets provide the environment and thrust necessary for space flight, they
are intrinsically incapable of controlling or guiding themselves on a mission as
complicated and sophisticated as Apollo. The great achievement of this
Laboratory was to supply the design for the primary hardware and software
necessary to solve the Apollo guidance, navigation and control problem. It is
to the credit of the entire team that this hardware and software have performed
so dependably throughout the Apollo program.

Skylab Orbital Workshop

Skylab was the first U.S. orbital workshop, or “space station.” Skylab was launched on May 14,
1973, on a Saturn V booster. The Saturn V’s first two stages put the empty but modified S-1VB
third stage, the so-called “wet workshop,” into orbit. The S-IVB contained the workshop, which
included a solar telescope mount and crew living and working quarters. Mission plans had
nominally called for the first crew to fly the following day to Skylab on an Apollo-type
Command Service Module (CSM) vehicle launched by a Saturn-1B booster. However, 63
seconds after liftoff, the meteoroid shield, which had the dual purpose of thermally shading the
workshop, inadvertently deployed. It was torn from the vehicle by atmospheric drag forces. This
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anomaly triggered a two-week period in which Skylab was challenged by problems that had to
be overcome before the vehicle would be safe and habitable for the three crewed periods of its
planned eight-month mission.

When the meteoroid shield ripped loose, it disturbed the mounting of workshop solar array wing
number two and caused it to partially deploy. The exhaust plume of the second-stage retro-
rockets impacted the partially deployed solar array, literally blowing it off the Skylab vehicle. In
addition, debris from the meteoroid shield overlapped solar array wing number one such that
when the programmed deployment signal occurred, the wing was held in a slightly opened
position, unable to supply sufficient electrical power for the entire workshop. Finally, the
gyroscopes were drifting because of their high off-nominal operating temperatures.

These failures caused concern that the interior of the space station would overheat and destroy
equipment. The damage was so serious that mission controllers felt Skylab would be functional
for only a short period before failing. However, by using the computer system that controlled the
workshop’s attitude, the ground controllers were able to manage the vehicle’s attitude and keep
Skylab alive. Orientation was kept at angles to the Sun, such that tolerable workshop
temperatures could be maintained while simultaneously providing enough illumination on the
remaining solar panels to generate sufficient electrical power. At times, these thermal
management and power generation requirements were in opposition and operational priorities
and trades were performed to balance thermal-power attitude conflicts. The condition that
maintained the most favorable balance between Skylab temperatures and its power generation
capability occurred at approximately 50° nose-up. This had to be done for a period of about two
weeks while engineers prepared materials for the first Skylab crew to take into orbit to repair the
orbital workshop.

Three separate crews were launched to Skylab on Apollo CSM vehicles by Saturn IB launch
vehicles on May 25, July 28, and November 16, 1973. The first Skylab crew spent many
extravehicular activity (EVA) hours to deploy a parasol-type sunshield through Skylab’s solar
scientific airlock and to later release solar array wing number one. The repairs performed by the
first crew made the remainder of the Skylab mission possible.

The attitude pointing and control system (APCS) for Skylab evolved from an analog controller
into a fully digital processing system. Features included a software-determined attitude reference
to provide general maneuvering ability, an on-orbit re-programming capability, the use of large
CMGs for attitude control, and the use of vehicle maneuvers to desaturate accumulated CMG
momentum. The objectives and requirements for Skylab were challenging, with the most
stringent requirements imposed on the Skylab APCS by the science observations of solar,
galactic, and Earth Resources phenomena. The science instruments requiring the extreme arc-
second levels of pointing accuracy and stability were mounted on the Apollo Telescope Mount
(ATM) spar, which could move with respect to the rest of the Skylab vehicle [ref. 62]. Skylab
was unusual in this regard, as historically no crewed spacecraft had ever been used as a platform
for precision science instrument pointing applications.

As mentioned, Skylab was the first large NASA human-rated space vehicle to be controlled by
relatively large, double-gimbaled CMGs. Each CMG had a large-momentum wheel spinning at a
constant speed of about 9,000 rpm, and control torques were generated by steering the direction
of the wheel’s spin vector with respect to the vehicle by commanding the CMG gimbals. The
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CMGs could generate sufficient control torque for the large maneuvers needed for thermal
control in the first week of Skylab’s mission before solar shield deployment. They also could
generate control torques for the smooth, moderately high, angular-rate attitude maneuvers
required for Earth resources remote sensing (i.e., landmark tracking) passes. In addition, as
mentioned in reference 61, the Skylab CMGs were used successfully during the mission to:

e Stabilize the vehicle against transients, such as crew motion disturbances.

e Store the momentum accumulated due to gravity gradient and venting disturbance torques.

e Reorient the vehicle with respect to the gravity field during the night portion of the orbit to
reduce the stored CMG momentum.

A cold gas thruster system was included in the Skylab design to augment the CMG system when
required. The cold gas thrusters could also be used to unload accumulated CMG momentum
when necessary.

The third and last Skylab crew departed the vehicle on February 9, 1974. Following this final
crewed mission phase, ground controllers performed a series of engineering tests of certain
Skylab systems. These were tests that ground personnel were reluctant to do while the crew was
aboard the vehicle. Results from these tests helped determine causes of failures during the
mission and obtain data on long-term degradation of space systems. Upon completion of the
tests, Skylab was positioned into a stable attitude and systems were shut down.

For much of Skylab’s operating life, the flight computer system automatically managed vehicle
operation. The entire system functioned without error or failure for more than 600 days of
operation, even after a 4-year and 30-day interruption. It is significant as the first spaceborne
computer system to have redundancy management (RM) software. The software development for
the system followed strict engineering principles, producing a fully verified and reliable real-
time program.

It was expected that Skylab would remain in orbit for 8 to 10 years. By that time, the new Space
Shuttle was anticipated and mission planners envisioned using the Shuttle to boost Skylab into a
higher orbit with lower atmospheric drag. However, unexpected solar activity in the mid-1970s
resulted in an increase in atmospheric density, so Skylab’s orbit decayed at a much faster rate
than projected. In the fall of 1977, it was determined that Skylab was no longer in a stable
attitude as a result of greater than predicted solar activity. On July 11, 1979, Skylab re-entered
Earth’s atmosphere. Although the spacecraft was destroyed, a significant number of debris
objects survived the reentry heating and loads environment and impacted the Earth’s surface.
The Skylab debris dispersion area stretched across a narrow band from the Southeastern Indian
Ocean across a sparsely populated section of Western Australia.

Looking back on the Skylab mission, several GN&C-related lessons were learned:

1) Skylab CMG Lubrication: Two of the Skylab CMGs experienced bearing anomalies (i.e.,
temperature increases), and one (CMG #1) failed on Day 194 of the mission. Analysis indicates
that poor lubrication caused bearing failure. The CMGs were designed with an automatic
lubrication metering system that was chosen to minimize the need for active control, maximize
bearing life, and prevent contamination by containing all oil. Life tests conducted on the ground
far exceeded the required life. In retrospect, it appears as if the forces on the oil in zero gravity
caused it to seek different locations than in 1-g, where full lubrication was possible. The specific
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lesson learned was that, if at all possible, positive lubrication methods should be included in the
design of long-life rotating machinery like CMGs. Since fluid flow in zero-g is application-
sensitive and not always fully understood, it is prudent to design a system with positive control
[ref. 60].

2) GN&C Design Versatility and Flight Computer Flexibility: The digital control system, with its
ground reprogrammable flight computer, proved invaluable during contingency operations. The
implementation of the challenging thermal-power attitude profiles flown prior to installation of
the sunshade and deployment of the jammed solar wing were possible because of the APCS
design versatility and the operational flexibility afforded by the Skylab digital flight computer.
Specifically, the following Skylab FSW code and data modifications were developed and used
during the mission to adapt to changing mission circumstances and operational situations:

e Compensation for excessive gyroscope drift.

e Compensation for variable gyroscope scale factors resulting from different gyroscope
temperatures.

e Accommodation of an additional star for better roll update information.

e Development of a program, loadable from the ground, that would have allowed vehicle
control by derived rates if the rate gyroscopes had failed.

e Mass property updates in the computer, allowing more accurate momentum management.

e Provision in the software for improving experiment data accuracy if necessary.

e Improvement of attitude maneuver command granularity to facilitate viewing of the comet
Kohoutek.

In summary, Skylab clearly proved that a redundant general-purpose digital flight computer,
reprogrammable from the ground and backed up by an extremely versatile group of support
personnel using a variety of simulations, made it possible to meet every contingency situation
that arose during the mission [ref. 61].

3) APCS Verification: Skylab was probably the first large space vehicle where the primary
means of attitude control system performance verification was solely based on computer
simulation supported by limited hardware testing. This was a departure from past programs,
where hardware testing was the major system verification technique. The software verification
approach used in Skylab was dictated by the difficulty of testing a vehicle of such size and the
fact that arc-second pointing performance measurement is not independent of test equipment
errors. This approach yielded satisfactory system verification in a cost-effective manner. This
approach will be even more applicable to future missions where performance requirements
transcend those of Skylab for vehicles of similar or possibly larger size [ref. 61].

4) Structural Bending Mode Uncertainty: Flight data indicated that structural bending modes
differed significantly in some respects from pre-flight analytical predictions. However, the
control system design had sufficient margin to meet both pointing and stability requirements.
The lesson learned is obvious: Realistic tolerances should be provided in the design when
complete pre-flight verification is not possible [ref. 61].

5) Skylab Re-Entry: The lesson learned from Skylab’s re-entry is that mission architects must
plan ahead for the safe post-mission disposal, decommissioning, and/or de-orbiting of massive
space platforms in low Earth orbits (LEO). A re-entry debris analysis should be performed to
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assess the total risk level to people and property for both random re-entry and controlled re-entry de-orbit
scenarios.

Space Shuttle

Born in 1968 at the height of the Apollo Program, the Space Shuttle was designed to fulfill two
basic roles in NASA post-Apollo crewed flight objectives. The first program goal was to provide
an efficient, re-usable method of carrying astronauts to and from a permanently crewed space
station. In addition, NASA believed that Space Shuttles could serve as multi-purpose satellite
delivery vehicles with the potential to completely replace Atlas-Centaur, Delta, and Titan
rockets.

The Space Shuttle Avionics Handbook monograph [ref. 9, Section 3] details the navigation
system design evolution—providing a record of Shuttle early work and design drivers. Section 4
of the same monograph discusses each of the GN&C functions: hardware required, use of the
data processing complex, crew involvement, and RM features provided. RM features cover the
fact that Shuttle carries duplicates of many sensors and actuators, and the monograph details the
FDIR logic and contingency operation for the sensors or their functions. The following
discussion contains extracts from the monograph.

Prior to the Space Shuttle, aerospace systems were made up of an essentially independent
collection of subsystems, organized along disciplinary lines such as flight control, guidance and
navigation, communications, and instrumentation. Each subsystem typically had dedicated
controls, displays, and command and signal paths. The Space Shuttle avionics system not only
integrated the computational requirements of all subsystems in a central computer complex, it
also introduced the concept of multifunction controls, displays, and command/data paths.

The overall system design was driven by mission requirements and vehicle constraints never
before encountered in a space program. Significant among these were the following
requirements:

e Multiple reuses over a 20-year period. The economic and safety-related impacts of aborting
after one failure required that the system have a two-fault-tolerant fail operational/failsafe
configuration.

e Comparison of data or performance from independent systems or components operating in
parallel as the primary means of detecting and isolating failures and assessing system
operational status.

e Four parallel baselined strings to detect the second failure in a system.

e Excluding the use of a built-in test wherever possible as a less reliable fault isolation
technique.

e Anunpowered landing on a runway. The stringent performance required prohibited the use
of degraded backup systems.

e Autonomy. Large quantities of instrumentation data, transmitted to the ground in previous
programs for spacecraft functional assessment and subsystem management, had to be
processed onboard and made available to the crew in usable forms.

The Space Shuttle vehicle that evolved was an unstable airframe requiring sufficient control
authority to cause structural failure if an erroneously applied hardover control actuator command
was allowed to remain in effect for as little as 10 to 400 milliseconds. Full-time stability
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augmentation was baselined, direct control modes were excluded, and digital autopilots were
designated to accommodate the wide spectrum of control. Manual intervention or switching of
active/standby strings proved inadequate to overcome the effects of erroneous hardover
commands; therefore, a system approach was baselined in which hardovers were prevented
through the use of multiple, parallel-operating, synchronized processors, and command paths to
drive force-summing control actuators.

The Shuttle GN&C system was designed to continue functioning despite some levels of
component failure. The concept of a reusable orbiter significantly increased the operating time of
the components, which were retested and recalibrated in situ before flight unless a failure or
problem was reported.

Sophisticated guidance and navigation schemes and algorithms had been developed and used in
the Apollo Program; therefore, the technology base appeared adequate for the Space Shuttle in
these disciplines. Although a new guidance and navigation challenge was posed by the entry
through landing phases, no state-of-the-art advances were deemed necessary. However, the early
work for the design now included analysis of expected component reliability, expected fault and
failure modes, and identification and elimination of common mode (single-point) failures as well
as common cause failures. The architecture design included not just contingency planning, but
also now RM. The integration of the computational requirements of all subsystems in a central
computer complex and the concept of multifunction controls, displays, and command/data paths
expanded the analysis work to include greater assessment of GN&C sensitivity and robustness to
potential faults or failures in other subsystems.

The Space Shuttle Program did not rely upon the extreme process controls or stringent screening
procedures that achieved reliability during the Apollo procurement. Consequently, problems of
contamination during fabrication and failure due to extended operational hours were found with
the Space Shuttle gyroscopes. At least six IMU failures were detected during flights, and several
problems detected during preflight/prelaunch testing. However, due to the redundancy and RM
system, there was no loss of IMU function during flights.

ISS

The objectives of the ISS Program are to develop a world-class, international orbiting laboratory
for conducting high-value scientific research for the benefit of humans on Earth; provide access
to the microgravity environment; develop the ability to live and work in space for extended
periods; and provide a research test bed for developing advanced technology for human and
robotic exploration of space. The purposes of the ISS GN&C system are to control the station’s
motion to be suitable for the intended uses of the facility and provide pointing and support
information for appendages (e.g., solar panels, communication antennas). The ISS achieves
robust, reliable GN&C through both functional and hardware redundancy.

The ISS GN&C system is made up of two components, one contributed by the U.S. and the other
provided by the Russian Space Agency (RSA). The U.S. GN&C system consists of software
installed on the U.S. GN&C multiplexers/demultiplexers (MDMSs) and orbital replacement units.
Note that the MDMs on the ISS are a combination of hardware and a computer processor.
Onboard FSW estimates position and velocity by using one of three functionally redundant
systems: the global positioning system (GPS) receivers and processors, Russian motion control
system (MCS) data from the Global Navigation Satellite System (GLONASS), or ground
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uplinks. The Russian Orbital Segment (ROS) MCS exchanges data with the U.S. GN&C MDMs,
allowing for comparison and fault tolerance. Reboost is performed every 3 months to offset the
effects of aerodynamic drag and raise the ISS’s altitude. The primary method uses the Russian
Progress main engine with fuel from Progress propellant tanks. An alternate method uses
Progress rendezvous and docking thrusters with fuel transferred from the Zvezda or Zarya
module. A third method uses the Zvezda main engines, but this is avoided as much as possible
since those engines have a limited burn lifetime and cannot be serviced or replaced on-orbit.

The orientation of the core body is measured by interferometry of GPS signals in the U.S.
GN&C system. The angular velocity of the core body relative to an inertial reference frame is
measured with two rate gyroscope assemblies consisting of three ring laser gyroscopes (RLGS)
each. The Russian MCS provides an alternate source of measurements for attitude determination,
and data are continuously exchanged with U.S. GN&C MDMs. Russian sensors include star
trackers, Sun sensors, Earth horizon sensors, magnetometers, rate gyroscopes, and GLONASS
information. The sensors in ROS MCS include multiple layers of redundancy. The attitude of the
core body is controllable by the Russian propulsion system or the U.S. attitude control system,
which consists of two U.S. GN&C MDMs and four CMGs. The CMGs are relatively massive
(about 300 kg each), with two-DoF gimbaled rotating flywheels. The CMG momentum manager
algorithm is designed to keep the CMGs from saturating by maintaining the core body at a torque
equilibrium attitude, an orientation in which the angular acceleration of the core body in inertial
space vanishes: i.e., the resultant of gravity gradient torque, aerodynamic drag torque, gyroscopic
torque, and other torques is zero. Russian reaction control system thrusters are used to desaturate
the CMGs, hold attitude during reboost, and perform attitude maneuvers greater than 15° in
magnitude [ref. 10].

Guidance is generally performed by the Russian MCS, although the U.S. GN&C system does
provide a limited amount of guidance planning support. In addition, the Flight Dynamics
Planning and Analysis tool is used by ground controllers and planners to provide high-fidelity
trajectory, attitude, propellant consumption, and communications coverage analysis

Having both U.S. GN&C and ROS MCS systems onboard makes for many operational
challenges. In response, control of the systems has been managed through the use of GN&C
software modes. These modes provide flexible management of station operations and dictate
which system is in charge of providing attitude control. This is critical to station operations,
since only one GN&C system can safely control the vehicle at a given time [ref. 11, Section 7].

A discussion of several problems that occurred on the ISS in the spring of 2006 serves to
positively emphasize the range of diverse redundancy and contingency plans available. The
problems began on April 19, 2006, when the Russian Zvezda service module’s main engines
failed during a test. The failure may have been due to a sunshade cover that was not completely
open, according to an ISS status report. It was the first engine test since 2000, when Zvezda first
docked to ISS, then in its earliest stages of construction. The service module main engines were
not planned to be used often because they cannot be replaced, unlike the Progress re-supply
spacecraft, which periodically rendezvous and dock to deliver cargo to the station.

Subsequently, on May 4, 2006, the Progress ship docked to the station fired its engines for 6.5
minutes to boost orbit by 2.7 km. But after the thruster firing, the ISS crew received an error
message saying the station software was not properly communicating with the Progress
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hardware. Progress thruster firings controlled from within the ISS were ruled out until mission
managers were able to successfully identify the problem and resolve the issue. One backup
option was to have Russian ground controllers manually uplink in real-time the necessary
commands to the thrusters to fire remotely. However, those commands can be uplinked only
when the ISS is in contact with Russian ground stations; it is out of range for 6 of its 16 orbits
every day. Another option to boost the ISS orbital altitude was to use the Russian Zvezda service
module thrusters, distinct from its now-problematic main engines.

The Global Positioning System Receiver (GPSR) on the ISS was activated in April 2002. Since
that time, numerous GPSR software anomalies have appeared and been resolved, in part, by
extensive operator intervention (i.e., power cycling of the GPSR). Eventually, enough anomalies
surfaced that the software in the GPS unit was rewritten and the GPSR units were upgraded.
Reference 12 discusses the technical aspects of these ISS GPSR problems. The underlying
causes that led to the delivery of a product that has had numerous problems are also covered
there. These underlying causes include inappropriate use of legacy software (e.g., as occurred in
the maiden flight of Ariane 5), changing requirements, inadequate software processes, unrealistic
schedules, incorrect contract type, and unclear ownership responsibilities [ref. 12].

Similarly, reference 13 is a collection of writings concerning the application of GPS technology
to the ISS, the Space Shuttle, and the X-38 vehicles. It provides an overview of how GPS
technology was applied to each vehicle, including the rationale for the integration architecture,
and the rationale governing the use (or non-use) of GPS data during flight. The Shuttle, ISS, and
X-38 GPS projects encountered unanticipated technical, schedule and budget problems. In
retrospect, the GPS technology proved to be more difficult to apply than was anticipated in the
early 1990s. As a result of overcoming the problems, the Shuttle and ISS Programs eventually
obtained and flew GPS receivers certified for operational use. Several lessons were learned
during the requirements definition, integration, testing, certification, and operational phases of
these GPS technology infusion projects. The author states that perhaps the most important lesson
concerned the perceived maturity of GPS technology for space applications: Over-optimism
about the ease of application of GPS to spacecraft-influenced budgets, scheduling and project
planning led to several technical and project management problems [ref. 13].

History of Crewed Spacecraft Rendezvous and Docking

The capability to perform safe, routine, and reliable space vehicle rendezvous has been a basic
operational building block of both the U.S. and the Russian human spaceflight programs since
the mid-1960s.

The U.S. Apollo lunar landing missions were predicated upon the ability to perform lunar
rendezvous between the CSM and the LM Ascent Stage. As described here, one of the primary
objectives of the U.S. Gemini Program was to develop, demonstrate, and validate the
technologies and operational methodologies necessary for a crewed spacecraft to execute space
rendezvous and docking operations. The U.S. Space Shuttle Orbiter routinely performed LEO
rendezvous maneuvers with the ISS and successfully rendezvoused with the Hubble Space
Telescope multiple times to repair/service this national space science asset. The Shuttle Orbiter
has also rendezvoused with the Russian Mir space station, as have many Russian crewed Soyuz
spacecraft and robotic Progress re-supply cargo spacecraft. Russian Soyuz and Progress vehicles
routinely rendezvous and dock with the ISS. The robotic European Space Agency (ESA) ATV,
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Japanese HTV, and U.S. Cygnus re-supply spacecraft have conducted successful rendezvous and
docking/berthing operations with the ISS as “visiting vehicles.” The NASA Commercial Crew
Program (CCP) SpaceX Dragon-2 spacecraft has successfully demonstrated the capability to
rendezvous and dock with the ISS.

Similar to Apollo, in the near future NASA will require capabilities for lunar orbit rendezvous
and docking to support plans for a U.S. human lunar landing in the 2015-2020 time frame. Given
the payload lift constraints of current and projected launch vehicles, many future NASA mission
architectures for Exploration will require the capability to perform space rendezvous, capture,
and in-space assembly. In particular, an Autonomous Rendezvous and Docking (AR&D)
capability will be critically required to make such operations routine, reliable, safe, and
affordable. Multiple efforts are being pursued within NASA and by industry to develop and
validate the technologies needed to implement an AR&D functionality. These AR&D-enabling
technologies include GN&C algorithms, autonomous mission management, sensor technology,
mechanisms, and robotic assembly techniques. These are at varying stages of technology
readiness, but many are in a quite mature state. As pointed out by Zimpfer in reference 14, the
key challenge in the development of any system to perform a rendezvous, capture, and assembly
is the integrated system-level design, analysis, and validation. Many of the modeling tools,
analysis techniques, and test approaches have also been developed to meet this challenge. In
reference 15, Polites provides an excellent review of the technologies needed for automated
rendezvous. Clearly, there is a critical need to sustain, advance, and improve the safety,
efficiency, performance, and reliability of technologies, systems, and operational techniques for
space vehicle rendezvous and docking.

The terminal, close-in phases of rendezvous and docking operations, as practiced to date in the
U.S. human spaceflight Gemini, Apollo, and Shuttle programs, have typically been performed
using a purely manual (or in some cases, semi-automatic) crew-in-the-loop technique. This crew-
in-the-loop U.S. manual rendezvous method contrasts sharply with the automated approach to
rendezvous and docking operations typically conducted within the Russian space program.
Polites also provides a concise comparative history of U.S. and Russian space program
approaches for and experiences with space rendezvous [ref. 15, Section 2].

Other important factors for space rendezvous are whether the target vehicle is cooperative (i.e.,
stabilized) or uncooperative (i.e., tumbling) and if the target vehicle has active targets (e.g., light
emitting diodes) or passive targets (e.g., reflectors) for a chase vehicle terminal guidance sensor
to track, or if the chase vehicle must use vision sensors and image recognition techniques for
terminal guidance.

Space rendezvous and docking is, however, an inherently difficult and potentially dangerous
operation. It requires detailed knowledge of the rendezvous target. The orbital, or in some cases
trajectory, characteristics of the target need to be known to a suitable tolerance, as defined by
analysis, and techniques for computationally propagating the target’s state vector during the
rendezvous engagement must be performed with appropriate accuracy. Characteristic features of
the target must be defined to select and refine appropriate rendezvous sensor technologies.
Typically, these characteristics include parameters like the target’s radar cross-section, infrared
signature, and sunlight glint/reflection properties. In the terminal phases of a rendezvous
engagement, precise knowledge of the target’s attitude motion and stability is required as well as
an in-depth understanding of relative close-in dynamic interaction. For example, thruster
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pluming of the target vehicle could dynamically disturb the target, complicating the physical
docking process or damaging delicate structures (e.g., solar photovoltaic arrays or radiators)
and/or contaminating exposed surfaces (e.g., payload optical surfaces).

Rendezvous and docking, as well as undocking and departure, are inherently dangerous
operations because there is, by the very nature of the engagement, a risk of collision between the
chaser and the target. The close-in phases of a space rendezvous and docking process typically
involve the relative 6-DoF sensing and control of two vehicles with acceleration, braking,
steering, and orientation controlled by thrusters or perhaps a combination of thrusters and
reaction wheels. One simple technique to minimize risk is to employ a rendezvous scenario that
includes a loitering mode in a nearby orbit with respect to the target that enables opportunities
for system readiness checkout prior to initiating proximity operations.

Another technique is for the chase vehicle to enter a safety ellipse mode and slowly approach the
target vehicle from the V-bar direction along the orbit velocity vector and from either behind or
in front of the target vehicle. In this case, the total relative velocity of the chase vehicle is never
in the direction of the target vehicle, avoiding the possibility of a collision. Typically, the
preferred technique for Shuttle Orbiter rendezvous is the V-bar approach because, among other
factors, the constant Earth horizon orientation is a good piloting reference and terminal rates can
be easily and immediately nulled with subsequent efficient stationkeeping should some Orbiter,
payload, or target vehicle anomaly occur [ref. 58]. Still another technique is to approach the
target vehicle from the R-bar direction along the orbit radius vector and underneath the target
vehicle. The R-bar approach is sensitive to targeting accuracy (i.e., large targeting errors could
lead to a collision) and may require near-continuous thruster firings due to orbital period
mismatch. Therefore, it is less fuel-efficient than the V-bar approach. However, the R-bar
approach has the advantages of being passively safe and providing a consistent viewing angle to
the target. In the event of an abort, for example, in the case of a single-point failure in the
chaser's rendezvous sensor, thruster firings by the chaser will be terminated and the rendezvous
operation can be passively aborted. In a passive abort scenario, the chaser vehicle will naturally
move away downward and ahead of the target vehicle due to the relative orbital dynamics
between the target and the chase vehicles.

A “hard” docking of chase vehicle to target vehicle occurs at some non-zero relative velocity to
connect the two vehicles. The risk here is that if the hard docking is unsuccessful, then both
vehicles are set into motion, which in itself could cause them to collide. In addition, the target
vehicle may not have the means to restabilize itself, which could rule out a second docking
attempt. One alternative is a “soft” capture, which is like a zero-velocity dock. Here, the two
vehicles have docking mechanisms that allow a soft capture or partial connection at essentially
zero relative velocity. Once a soft capture is achieved, the docking mechanisms are activated to
mechanically complete the connection process. Another alternative to a hard docking is to
“berth” one vehicle to another. Here, the chase vehicle gets close enough to the target vehicle so
a robotic arm on one can grab the other and bring them together. This approach requires a robotic
arm capable of maneuvering the chase vehicle, as well as the support of the ground operations
team and/or the crew in one of the vehicles to perform the berthing operation.

As a case in point, the Shuttle Orbiter performs a hard docking with the ISS using the
Androgynous Peripheral Attach System (APAS). The APAS is the spacecraft docking
mechanism employed on all ISS docking ports. The APAS device was designed and built by the
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Moscow-based RSC Energia organization, and its design origins date back to the Apollo-Soyuz
Test Project (ASTP) of 1975. It is used to dock the Shuttle Orbiter vehicle and to connect the
Zarya functional cargo block to the pressurized mating adapter on the ISS. Russian spacecraft
use the same APAS device to mate with the ISS at the other docking ports on the Russian
modules. The APAS has a capture ring that extends outward from the device on ISS and captures
an identical device on the docking vehicle. The capture ring aligns, pulls the spacecraft together,
and deploys 24 structural hooks, latching the two systems with an airtight seal.

Over the past several years, an alternative Low-Impact Docking System (LIDS) has been
developed by NASA’s Johnson Space Center (JSC) as a space vehicle mating device for the next
generation of space exploration vehicles. In form and function, the LIDS bears some
resemblance to APAS, but the two systems are not compatible. The LIDS docking device is
smaller, lighter, and, most importantly in the context of this discussion, requires significantly less
contact force than APAS to engage its attachment mechanisms. Given that the use of the LIDS
will eliminate the need for high docking contact forces, the relative velocity required to connect
two vehicles can be minimized, thus reducing overall risk.

Because the rendezvous process is complicated and multi-phase, it needs to be broken down into
different operational segments with built-in pauses of the chase vehicle at the completion of each
segment. These pauses provide an opportunity for the ground operations team and/or the crew to
perform health and status checks on the chaser and the target vehicles prior to the next step of the
rendezvous operation. The ground or the crew, if the chase vehicle is crewed, can then safely
proceed to the next segment if these checks are positive. This approach provides human
oversight and control of the overall rendezvous process.

In addition to many successful rendezvous and docking missions, a number of significant
Russian Soyuz and Progress spacecraft near-misses or mishaps have occurred during rendezvous
and docking/undocking operations. In March 1991, the Progress M-7, following a first aborted
attempt to dock with the Russian Mir space station, had a near-miss encounter with the station.
Rendezvous problems reoccurred later in 1991 during the process of the Mir station crew
redocking its Soyuz TM-11 spacecraft to the station’s rear docking port. In January 1994, the
Russian Soyuz TM-17 vehicle collided twice with the Russian Mir space station vehicle upon
undocking from the station. In June 1997, the Russian Progress M-34 re-supply vehicle also
collided with Mir following undocking, resulting in depressurization of the Mir Spektr module.
These rendezvous-related mishaps will be described below as part of the general discussion of
the Russian space program rendezvous and docking history.

Gemini

In the early 1960s, even as the Mercury Program was under way, the need to close the relatively
large space rendezvous and docking technology gap was clearly recognized by senior NASA
management as a prerequisite to executing the envisioned Apollo Program lunar landings.
Theorizing, experimenting, testing, and training on the ground alone would not provide a
sufficient technical foundation upon which to build the envisioned Apollo mission rendezvous
and docking capabilities. It was judged that bridging this rendezvous and docking gap would
require experience directly derived from in-orbit spaceflight missions [ref. 16]. The Gemini
Program was therefore structured to demonstrate and perfect the technological capabilities,
mission scenarios, and operational approaches necessary for a crewed spacecraft to locate
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another space platform, maneuver towards that platform in an efficient manner to effect a space
rendezvous, and then perform close-in operations, including a hard docking with that platform.
One of the major objectives of the Gemini Project was to rendezvous and dock with an orbiting
Agena upper-stage target vehicle and perform an orbit-changing maneuver with the docked
Gemini-Agena “stack” using the Agena’s large propulsion system.

The specialized equipment carried on the Gemini capsule to accomplish rendezvous included
radar, an optical sight, and a docking spotlight. The Agena upper-stage target vehicle was
equipped with high-intensity flashing lights to allow the crew to visually track it in case of radar
failure. The on-board digital computer performed terminal rendezvous maneuver navigational
calculations that the crew could monitor. The physical docking of the two vehicles was
accomplished with a probe and drogue mechanism.

The first-ever space rendezvous occurred on December 15, 1965, when the Gemini 6-A
spacecraft conducted rendezvous and stationkeeping operations with the Gemini 7 spacecraft.
This milestone event was followed shortly by the first-ever docking of two space vehicles when,
on March 16, 1966, the Gemini 8 spacecraft docked with its Agena upper-stage target vehicle.

A serious anomaly occurred on Gemini 8. Shortly after completing the rendezvous and docking
with the Agena target vehicle, the combined Gemini 8/Agena vehicle (or “stack”) began a
violent yaw motion and tumbled. Neil Armstrong, the astronaut piloting Gemini 8, undocked the
Gemini capsule from the Agena, causing the capsule to roll, pitch, and yaw even more rapidly
than when it was connected, approaching and possibly exceeding a rate of one revolution per
second. Armstrong and David Scott managed to deactivate the Orbit and Attitude Maneuvering
System (OAMS) thrusters. In a final attempt to counteract the violent tumbling, all 16 of Gemini
8’s Reentry Control System thrusters were used to damp out the roll motion and stabilize the
spacecraft. This recovery approach succeeded in stabilizing Gemini 8, but the control system
firings consumed 75% of the fuel allocated for reentry control thruster firings. It was then
discovered that one of the Gemini 8 OAMS 25-pound roll thrusters (specifically, OAMS Roll
Thruster No. 8) had been firing continuously, imparting a significant disturbance torque on the
vehicle and causing the tumbling. Apparently the thruster had short-circuited while being used to
maneuver the Gemini/Agena stack and failed in the “stuck open” state. Although Armstrong
managed to stop the tumbling of Gemini 8, had the situation been more severe it is likely the
stresses would have caused crew blackout and subsequent loss of mission and crew.

Following the ground-breaking Gemini 8 success, Gemini missions 9-A, 10, 11, and 12 all
conducted additional rendezvous and docking operations, in some cases using the optical sensor
instead of the on-board radar. It is clear that the Gemini Program yielded invaluable on-orbit
rendezvous experience for the flight crews and the mission planning/operations teams. Flight
crews learned how to monitor GN&C system performance during rendezvous as well as detect
and respond to system malfunctions. In reference 17, Lunney summarizes the rendezvous flight
test experiences of the Gemini Program. Gemini experiences revealed how the selection of
approach trajectory and lighting conditions can greatly impact rendezvous performance.

The Gemini missions showed that a combination of detailed pre-launch trajectory analysis,
procedural planning, system performance evaluation, and training is necessary for mission
success. The need for extensive crew-in-the-loop simulation was also shown to be a critical part
of performing a successful space rendezvous. The Gemini Program paved the way for
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accomplishing the goals of the Apollo Program by demonstrating that a piloted spacecraft and an
uncrewed target spacecraft, each launched separately, could reliably and safety perform orbital
rendezvous and docking operations.

Apollo

The Apollo mission profile called for spacecraft to have two docking maneuvers and one
rendezvous maneuver in lunar orbit on every lunar landing mission. Once the Apollo spacecraft
were on their way to the moon, the Command Module (CM) separated from the booster and
turned around to rendezvous and dock with the LM. Then, after explorations on the lunar surface
were complete, the Apollo astronauts flew the LM Ascent Stage back to lunar orbit, where they
made their rendezvous with the orbiting CM.

The LM rendezvous implementation was conservative, using a Rendezvous Radar (RR) on the
LM and a beacon on the CSM. The RR had a 300-mile range, range rate, and line-of-sight angle
capability. Apollo proximity operations were performed under sunlit conditions.

A co-elliptic rendezvous profile was used, which had passive flyby abort capability until
execution of the terminal phase intercept maneuver. The closing trajectory was designed for
expected dispersions with manual control to null inertial relative line-of-sight rate and execute
range-rate reduction maneuvers only. Reference 18 describes the benefits of the co-elliptic
rendezvous scheme, as practiced during the Apollo lunar rendezvous operations.

Apollo spacecraft also performed on-orbit rendezvous in Earth orbit for each of the three Skylab
crewed missions and for the Apollo-Soyuz Test Project.

Space Shuttle Orbiter

The Space Shuttle Orbiter has performed a relatively large number of LEO rendezvous
maneuvers, among them:

e Missions to ISS.

e Several recoveries of satellites in distress (e.g., PALAPA B-2 and WESTAR VI).
e Hubble Space Telescope rendezvous and servicing missions.

e Solar Maximum Mission satellite rendezvous and servicing.

e Missions to the Russian Mir space station.

Reference 19 provides an excellent historical summary of the Space Shuttle rendezvous and
proximity operations. It details the programmatic constraints and technical challenges
encountered during the early phases of Shuttle mission analysis in the 1970s. Some of these
technical challenges included the impacts of thruster plume impingement, processing limitations
of the Orbiter’s on-board computer, and propellant loading limitations. Some of the key factors
influencing and constraining on-board relative navigation and rendezvous maneuver targeting are
also covered, along with a description of how new flight techniques for rendezvous and
proximity operations evolved to meet new Shuttle program objectives.

Initially, Shuttle Orbiter rendezvous planning assumed ground tracking would have the dominant
control role. It was determined that ground tracking was not sufficiently accurate, and the GN&C
rendezvous algorithm/software was tailored to allow for dispersions in position and rates (i.e.,
target tracking uncertainties). The Shuttle sensor had a 26-mile range using skin tracking.

The Shuttle Orbiter uses a modified “stable orbit” profile instead of a co-elliptic profile. This
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enables a trailing standoff relative to the target with the Shuttle in the target orbit. This is
affected by executing a trailing standoff maneuver—if the maneuver were not executed, the
Shuttle would execute an alternative maneuver to place it on a closing trajectory to the target
with the final portion of the closing trajectory having the same characteristics of the Apollo
closing trajectory. If neither of these maneuvers is executed, the “stable orbit” profile could
result in the Shuttle impacting the target, depending on its relative orbit.

In later Shuttle rendezvous operations, the capability was added for computer-generated
approach control instructions to the astronaut executing the commands. Shuttle crews used the
Rendezvous and Proximity Operations Program (RPOP), which they ran on a laptop computer in
the Orbiter cockpit, as a guidance/navigation aid and situational awareness tool from 1993
onward. By processing trajectory control sensor laser measurements to the target vehicle, RPOP
output digital and graphical relative position and velocity data to assist the Orbiter pilot with
meeting operational flight constraints during approach to and departure from the target vehicle
[ref. 20]. Closing proximity operations were still manually performed, as with Apollo. Several
lessons learned relating to Shuttle Orbiter rendezvous experiences are provided in reference 71.

Other Crewed Space Rendezvous Events

The Soviet Union and then the RSA made repeated on-orbit rendezvous maneuvers with Salyut,
Mir, and ISS. Each crew rotation or resupply with Soyuz/Progress spacecraft required a crew-in-
the-loop rendezvous with a space station. The RSA also used a technique of automated uncrewed
rendezvous for resupply missions and the flights that added additional laboratories to the Mir. In
this automated mode for rendezvous, the Russian crews primarily performed a monitoring
function with the capability to step in during system malfunctions and provide a manual backup
control role.

In addition to many successful rendezvous and docking missions, the Russian Space Program has
had three notable rendezvous mishap events:

March 21, 1991: Progress M-7 Near-miss

The Progress M-7 was an uncrewed resupply vessel to the Mir space station. It attempted to dock
with Mir on March 21, 1991, but missed the station by 500 meters. Ground-controlled docking
was attempted again on March 23, 1991, but at a relative distance of 50 meters the docking was
aborted and the Progress M-7 vehicle missed the Mir station by only 5 meters, narrowly avoiding
a collision. Thereafter, it was placed in a station-keeping co-orbit with Mir while the problem
was diagnosed. Finally, it successfully docked with Mir on March 28, 1991. The rendezvous
problems subsequently reoccurred as the Mir crew redocked its Soyuz TM-11 spacecraft to the
rear docking port on Mir’s Kvant-1 module. The problem was finally traced to the Kurs
rendezvous system onboard Mir. On April 25, 1991, an EVA was performed to inspect the Kurs
docking system antennas, and one of the antennas was found to be missing.

January 14, 1994: Soyuz TM-17 collides with Mir

As the departing Russo-French crew conducted overflight inspection of the station, their Soyuz
TM-17 spacecraft hit the Kristall module on Mir at least twice. Following the successful landing
of the crew, the ground processing teams discovered a number of “souvenirs” taken by the crew
from the station, which exceeded the weight limit allowed onboard the Soyuz during landing.
The Russian investigation team suggested that excessive weight onboard the craft not only
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endangered the crew during landing, but it could also have contributed to the problems with the
attitude control system during the overflight of the station and therefore made the collision with
the station more likely. Strict guidelines on allowable weight limits were imposed for future Mir
station crews.

June 25, 1997: Progress M-34 re-supply vehicle collides with Mir

On June 25, 1997, the Russian Progress M-34 re-supply vehicle collided with Mir following
undocking, resulting in depressurization of the Mir Spektr module [ref. 21]. At approximately 5
a.m. EDT (1:18 p.m. Moscow time), the Mir-23 crew informed controllers at the Russian
Mission Control Center that the uncrewed Progress resupply vehicle had struck the station during
a test of a manual redocking system and that the space station was losing pressure. Later reports
from the crew indicated that during the redocking of the ship, Progress struck a solar array and a
nearby radiator on the Spektr module. The collision occurred shortly before the beginning of a
communication pass with Russian ground controllers. The collision caused the Spektr module to
begin losing pressure. The crew closed the hatch to the leaking Spektr module, and the three
crew members reported shortly thereafter that pressure was stabilizing in the rest of the station.
At 5:28 a.m. EDT (1:28 p.m. Moscow time), the crew reported that the pressure in the now
isolated Spektr module was continuing to drop to vacuum. At its lowest point, the normal Mir
station pressure of approximately 750 mm of mercury dropped to 675 mm before it began to rise.
Before the collision, station commander Vasily Tsibliev was guiding the Progress capsule to a
manual docking using the teleoperated system in the core module. Tsibliev reported to the
ground that the Progress had come in very fast and he could not stop it. U.S. astronaut Mike
Foale said he felt the impact of the collision of the Progress with the Spektr. Foale, Tsibliev, and
Flight Engineer Aleksandr Lazutkin were not injured. A Soyuz capsule attached to the Mir for
use by the cosmonauts to return to Earth was undamaged. During a later communications pass at
6:53 a.m. EDT, the crew reported that the station’s pressure had stabilized and that Progress had
begun to separate to a safe distance from the Mir. To conserve power, the crew was told to shut
down the thermal control and ventilation systems in the Kvant-2 and Kristall modules as well as
the urine processing system. Other Mir systems were also powered off to conserve electricity.
The station was initially spinning at approximately 1 degree per second due to the collision, but
the spin had stopped and the Mir was returned to a stable configuration.

1.5.2 GN&C History for Robotic Spacecraft

Since the launch of Explorer-1 in 1958, the United States has designed, developed, and flown
hundreds of robotic (i.e., uncrewed) spacecraft missions in Earth orbit (low-Earth, high-Earth,
and geosynchronous), in Lunar orbit, in planetary trajectories and planetary landings, deep space
trajectories, and other mission orbits and trajectories (e.g., heliocentric Earth trailing orbits and
Lagrange point orbits). Most robotic spacecraft are free flyers without on-board guidance
capabilities, but a select few, such as interplanetary probes, may have on-board capabilities to
perform autonomous mission planning and guidance functions over the duration of their typically
multi-year deep space missions. The distinction is that while the free flyers typically have an
attitude control system and perhaps even an on-board navigation system, they rarely have an on-
board guidance system. The robotic spacecraft serve to support mission objectives in multiple
and diverse areas: Earth science, space science, meteorology, communications, navigation,
remote sensing, and national defense.
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Robotic Spacecraft GN&C Anomalies, Mishaps, and Failures

The majority of the U.S. robotic spacecraft missions have been successful. However, a number
of them have suffered anomalies, mishaps, and total mission failures. In several cases, either the
root cause or a contributing factor to the on-orbit anomaly/mishap/failure was post-facto
determined to be related to some particular aspect of the engineering practices used to design,
develop and/or operate the spacecraft’s GN&C subsystem.

An analysis of recent on-orbit robotic spacecraft anomalies was performed by GSFC GN&C
engineers in 2002 [ref. 22]. This analysis examined historical data recorded for satellites
launched over approximately a 10-year period from 1990 through 2001. All spacecraft anomalies
were considered, including those that resulted in total mission loss. Table 1.5-1 [ref. 22] lists the
specific robotic spacecraft anomalies studied. The GSFC analysis concluded that a total of 35
GN&C anomalies were reported during the time period, representing 29 percent of all anomalies
recorded. It should be noted that in the context of this analysis, the term “GN&C anomalies” is
intended to comprehensively include anomalies due to problems with the spacecraft’s on-board
Attitude Control Subsystem (ACS) sensor/actuator equipment, propulsion subsystem equipment,
ground operations, and/or ground software supporting GN&C mission operations.

The GN&C contribution to anomalies that result in total loss is higher, with 13 GN&C anomalies
reported representing 37 percent of all anomalies resulting in total loss. This analysis also
revealed that 50 percent of all GN&C anomalies occurred within the first 10 percent of the
spacecraft’s mission design life. Another remarkable finding of the GSFC study was that
approximately 57% (20 out of 35) of all GN&C on-orbit anomalies occurring over the time
frame considered were due to component (i.e., hardware) problems. Another related finding was
that component problems were to blame for approximately 50% (7 out of 14) of the total mission
loss events over the same time frame. This finding may be an indicator of a general trend
towards reduced reliability in robotic spacecraft GN&C components. Additional anomaly/failure
data gathering, analysis, and evaluation would be required to precisely determine the trend. At a
minimum, however, the study results highlight a serious issue with on-orbit component behavior.
This single piece of historical data is a strong motivator for GN&C engineers to work more
closely with suppliers and strive for improvements in component reliability.
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Table 1.5-1. Selected Robotic Spacecraft GN&C Anomaly Summary

Satellite Launch Date | Mishap Impact Canse
Date
Anik E2 4571991 172071994 Mission Intepruption Magnetic storm destroved ACS
Anrora 2 /2971991 61591 Shortened Life Motor fault
(Satcom C5)
Clementine 125719094 5101994 Partial Loss Software error causad spin up and loss of fuel
| Deep Space 1 10/ 24/ 1998 71999 Partial Loss Ta:get tracking problem due to software
Early Bird 1224/1997 1272897 Total Loss GPS unit shorted to bus draming batteries
| Echostar 5 9/23/1999 142001 Mission Intermuption One of three momentum wheels fails
FUSE 611999 127172001 Mission Interniption Second of four reaction wheels fals _
Galaxy 4 6251993 51998 Total Loss Catastrophue attitede control falure due to SCP
malfunctions
| Galaxy i 128/ 1997 12000 Shortened Life Three of four xenon ion thrusters fail.
GFO 1 101998 31998 Mission Intermuption GPS recervers fail to mamtain nav state; ground-based
workaronnd implemented
Goes 9 32371995 TiN99s Total Loss Taken out of service due 10 noisy pointing caused by
lubrication starvation of momentum wheels.
GPS BII-O7 32671990 52171996 Total Loss 3-Axis stabilization failure due to a second reaction
wheel falure
Hotbard 2 1112171996 1273171996 | Shortened Life Fuel tank leak; Apogee transfer anomaly
HST 411990 117171999 Mission Intermiption Fourth of six gyros fails
IMAGE 32500 3252000 Mission Intermuption Nutauon damper liqud immobilized by surface tension
Intelsat 801 3171997 3/1997 Mission Internuption Ground command error caused uncontrollable spin
Iridinm 6181997 9111997 Total Loss? Attitude control and propulsion system failure
Indinm 128/1997 171998 Total Loss? Attitude control and propulsion system falure
Incium 6/18/1997 11722000 | Total Loss? Failure in orbit - fugl depletion
Iridinm 3 35997 SI5/1997 Mission Intermuption Fanlty wheel electronics.
Tridium 11 6/18/1997 61811997 Mission Intermupltion Fanlty wheel electiomics.
Indinm 27 Sr141997 487 Total Loss Thruster anomaly depleted operational fusl
Iridium 42 12/8/1997 181997 | Mission Intermuption Wheel tachometer failure
Landsat 6 10/5/1993 10/5/1993 Total Loss Satellite exploded when propulsion system pyrovalve
was fired, ipniting adjacent mixtue.
Lewis 8231997 81261997 Total Loss Design emor in ACS,; failure to monitor spacecraft
_ during initial operations
Mars Climate 1M11/1998 /2371999 | Total Loss Fatlure to use metric units in ground software trajectory
Orbiter models
Mars Observer | 9171992 8111993 Total Loss Probably due to Propulsion System mipture of power
short, induced by oxidizer leaking past check valves.
NEAR M1T1996 121998 Mission Internuption Main engine fuel bum malfunction due to on-board
software linuts being excesded
Nozonu 31998 1272001998 | Mission Intermeption Consumed more fuel than expected during Earth
swingby due to thruster valve stuck parually open.
Solar A 2030/19491 1271572001 | Mission Intermuption Safe mode dunng solar eclipse, unexpectad spin, loss of
control
STEPO 3/13/1994 7/19/1994 | Mission Interruption___| IMU (gyio) fails
STEP2 5191994 5/19/1994 | Performance Loss Noisy earth sensor affects pointing accuracy
| Telstar 402 91971994 191994 Total Loss Propulsion System pyvrovalve finng caused explosion
| Terriers 5/18/1999 5/18/1999 | Total Loss ACS polanty emor controlling magnetic torquer coil
TOMS-EP T 1996 TIH1996 Mission Intermeption Coarsa Sun Sensors miswirad; magnetic torque rod
polarity error

Additional insight comes from an Aerospace Corporation study of satellite development
practices [ref. 27], which reaffirms the need for NASA and the U.S. Department of Defense
(DoD) to return to the traditional approach based on uniform design standards and rigorous
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testing. This study describes a measurable decline in test rigor identified in the area of
component-level “black box” thermal testing and thermal/vacuum testing. The study indicates a
trend in which suppliers consistently cut back on environmental stress screening at the
component level, decreasing the number of thermal cycles by as much as 50 percent to save time.
The consequence, however, was an increase in component failures after the spacecraft were fully
integrated and subjected to system-level thermal/vacuum testing, where the cost of the failure
dramatically increases. The Aerospace study results tend to endorse an approach for
accomplishing comprehensive design verification through the application of a rigorous test
program starting with component—level testing at the suppliers. Therefore, emphasis needs to be
placed upon the testing done at the lowest level under flight-like conditions. For example, it is
only under thermal/vacuum testing that arcing is seen. A strong on-site presence to closely
monitor the planning, execution, and results of these component level tests would have great
value. The premise here is that an on-site engineer could identify problems/issues early enough
to increase the probability of a timely and efficient resolution.

Appendix A provides a high-level summary of selected robotic spacecraft mission anomalies,
mishaps, and failures. The information presented in this appendix has been extracted from final
reports issued by the Mishap Investigation Board (MIB), which investigated each incident to
understand what occurred and determine the incident’s root and proximate causes. Among these
examples are Explorer-1, Mariner-10, Voyager, Mars Observer, Landsat-6, Clementine, WIRE,
Lewis, Mars Climate Orbiter (MCO), Mars Polar Lander (MPL), Terriers, TIMED, X-43,
CONTOUR, and Genesis.

Individually, each of the robotic spacecraft investigation summaries provides an evidential basis
for a GN&C engineering best practice; in other words, they provide valuable insights into
specific GN&C-relevant examples of what can and did go wrong. Each historical “war story” has
relevance to and will directly support subsequent discussions on GN&C architectural
considerations, reliability issues, and specific GN&C engineering best practices for mission
success.

Note that several of these examples occurred during NASA’s “Faster, Better, Cheaper” (FBC)
era in the 1990s. The FBC philosophy was developed and implemented by NASA with the
objective of enhancing innovation, productivity, and cost-effectiveness of space missions. An
objective look backward at the failure history reveals that while there were successes—and the
FBC approach did allow NASA to do more with less—the overall success of the FBC model was
tempered by the fact that some projects and programs over-emphasized the reductions in cost and
schedule (i.e., the “faster” and “cheaper”) elements of the FBC paradigm. At the same time,
some of these projects and programs failed to instill sufficient rigor in risk management
throughout the mission lifecycle. Actions such as these increased risk to an unacceptable level on
many FBC projects, and in some extreme cases led directly to spacecraft failures. Aspects of
these broad historical observations on the NASA FBC approach can be seen in the findings and
conclusions reported by several of the failure investigation boards. This is especially true in the
case of the MCO board’s report (Appendix A).
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Robotic Spacecraft Rendezvous and Docking

A number of robotic spacecraft missions have involved the demonstration or application of
advanced technologies for performing space rendezvous and docking operations. In this section,
a number of these robotic missions will be summarized.

Engineering Technology Satellite VI

The Engineering Test Satellite VII (ETS-VII, also called Kiku-7) was a JAXA (formerly
NASDA) rendezvous and docking technology demonstration satellite. Launch of ETS-VII took
place on Nov. 27, 1997, from Tanegashima Space Center in Japan on the H-2 launch

vehicle. ETS-VII was placed in a 96-minute period circular orbit with an altitude of 550 km and
an inclination of 35°. A further payload on this flight was the TRMM spacecraft, a joint mission
of NASA/NASDA. ETS-VII experienced an attitude stability problem on Nov. 30, 1997, that
was corrected.

The overall mission objectives were to conduct space robotic experiments and demonstrate their
utility for uncrewed orbital operation and servicing tasks. In the rendezvous-docking experiment,
the Chaser satellite was to conduct rendezvous and docking with the Target satellite by both
automatic and remotely piloted controls. Propulsion anomalies appeared in the initial docking
attempt, but measures were taken to minimize their effects. During an experiment in August
1998, the two satellites had approached to a distance of 145 meters, whereupon the Chaser
satellite experienced an attitude control anomaly and transitioned to a safe mode. As a result, the
docking was not accomplished. Both satellites were placed in station-keeping mode 1.2
kilometers apart at the orbital altitude of 550 km.

By revising onboard software, a new thruster combination was selected that did not require the
Z-axis thruster that had caused the firing problems. The rendezvous-docking experiment was
conducted successfully two times with the Chaser satellite being both automatically and remotely
piloted. The first docking was completed at 20:43 (JST) on October 27, 1999. On December 15,
2000, NASDA acquired data of rendezvous, docking, and communication using data relay
satellites in the final experiment. In these experiments, a RendezVous laser Radar (RVR) was
used as the primary navigation sensor during the final approach phase (over the range of relative
distances from 500 meters to 2 meters). The RVR functioned properly, and its performance
characteristics in terms of measurement accuracy, optical propagation, and acquisition/tracking
operation, satisfied the requirements. The experimental results showed that RVR was effective
for autonomous rendezvous docking. With the completion of this final test, the on-orbit
experiments for ETS-VII, conducted over a two-year period, were successfully accomplished.

Near Earth Asteroid Rendezvous

The Near Earth Asteroid Rendezvous (NEAR) mission is the first launch in the Discovery
Program, which was a NASA initiative for small planetary missions with a maximum 3-year
development cycle and a cost capped at $150 million for construction, launch, and 30 days of
operation. The primary objective of the NEAR mission was to rendezvous with and achieve orbit
around the near-Earth asteroid called 433 Eros in February 2000. Eros was selected as the
rendezvous target since its orbit could be well determined prior to the actual rendezvous. Once
inserted into orbit around Eros mission plans called for NEAR to then study the asteroid for
approximately one year at altitudes as close as 24 Km to the asteroid's surface. The NEAR
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mission was designed and developed by The Johns Hopkins University Applied Physics
Laboratory (JHU/APL) in Laurel, Maryland. The NEAR spacecraft was built and launched in 29
months. The challenging mission requirements dictated the use of a three-axis active GN&C
subsystem to control the spacecraft’s attitude nominally using momentum wheels and
periodically using thrusters when performing trajectory-altering maneuvers [ref. 23]. The
guidance algorithms were based on stored orbit data and attitude determination was based on a
filtered combination of star camera and inertial sensor inputs. The laser rangefinder used as the
proximity rendezvous sensor was a reduced-scale and more reliable advanced technology version
of the rangefinder flown on the Naval Research Laboratory Clementine mission.

Also of note, the spacecraft designers developed and implemented a reliable and comprehensive
safing system that had one Earth-Safe mode and two Sun-Safe modes of operation. One place
“new technology” was employed on NEAR was in the system of software autonomy rules
developed to maintain the spacecraft in a safe and healthy state between infrequent contacts with
Earth through the Deep Space Network, especially during the long cruise phase to the Eros
asteroid target [ref. 24].

The spacecraft was launched on February 17, 1996, into a rendezvous trajectory with Eros using
a Delta-11 booster. The NEAR mission designers at JHU-APL employed two-year Delta-VEGA
(Delta-V and Earth Gravity Assist) trajectory technique to accomplish the successful asteroid
rendezvous [ref. 25]. The first relatively large deep-space maneuver to significantly alter the
spacecraft trajectory was performed in July 1997 using the spacecraft’s large bipropellant
velocity adjust thruster. In January 1998, the spacecraft swung by Earth for a gravity-assist
maneuver. Numerous relatively small trajectory correction maneuvers (TCMs) were also
performed during the flight to Eros. Thruster commanding for TCMs was performed under
ground control only, with parameters loaded into the on-board control processor in advance and
verified prior to the maneuver. The operational philosophy used by the NEAR mission managers
was a conservative “better safe than sorry” one in which no propulsive maneuvers with critical
timing were to be performed. In addition, this philosophy dictated that if anomalous dynamic
behavior occurred during a propulsive maneuver, the thrusters would be rapidly shut down, the
problem corrected, and the maneuver re-scheduled. This type of conservative operational
approach could be implemented for NEAR because of the flexible and robust nature of its
mission design as well as the fact that the spacecraft carried a very large propellant margin.

The initial close pass flyby of Eros occurred in December 1998. An anomaly occurred during the
first propulsive “encounter” maneuver, during which the burn was aborted within a fraction of a
second from bi-propellant initiation and the telemetry signal from the spacecraft was lost 37
seconds following the burn abort. Fortunately, contact with the spacecraft was reestablished
about 27 hours after the aborted burn; the spacecraft was determined to be stable in its Sun-safe
mode controlled by a backup processor. It was subsequently determined that 96 meters/second of
propulsive Delta—V capability was lost as a result of this burn anomaly. This NEAR anomaly is
discussed in detail in Appendix A. Once this anomaly was investigated and the problem was
resolved, the second DSM was successfully performed in January 1999. A sequence of
propulsive rendezvous maneuvers was subsequently performed to reduce the relative velocity
between the Eros target asteroid and the NEAR spacecraft to only a few meters per second
leading to their eventual rendezvous in February 2000. NEAR was inserted into an initial 323 x

33



370 km orbit with a period of 27 days. The spacecraft later maneuvered to a 100 x 200 km orbit
around Eros in April 2000.

The spacecraft spent the next year performing its science mission orbiting Eros, returning
spectacularly detailed pictures of the surface and assessing its size, shape, mass, magnetic field,
composition, and structure. The periapsis of the NEAR orbit dropped as low as 24 km above the
asteroid surface during this period.

On February 12, 2001, the NEAR spacecraft touched down on asteroid Eros after transmitting 69
close-up images of the surface during its final descent. This event marked the end of the 5-year
NEAR mission. In summary, NEAR was the first spacecraft to rendezvous with, orbit and then
land on a small body.

Demonstration of Autonomous Rendezvous Technologies

On April 15, 2005, the Demonstration of Autonomous Rendezvous Technologies (DART)
spacecraft was launched from the Western Test Range at Vandenberg Air Force Base, California.
DART was designed to rendezvous with and perform a variety of maneuvers in close proximity
to the Multiple Paths, Beyond-Line-of-Sight Communications (MUBLCOM) satellite, without
assistance (autonomously) from ground personnel.

During the actual DART mission, all went as expected throughout the launch and early orbit

phases. The vehicle successfully completed its rendezvous phase as well, placing itself into a
second staging orbit about 40 kilometers behind and 7.5 kilometers below MUBLCOM, even
though ground operators began to notice an irregularity with the navigation system.

When DART began its transfer out of the second staging orbit to begin proximity operations,
ground operators observed that the spacecraft was using significantly more fuel than expected for
its maneuvers. It became clear that the mission would likely end prematurely because of
exhausted fuel reserves. Because DART had no means to receive or execute uplinked
commands, the ground crew could not take any action to correct the situation.

During the series of maneuvers designed to evaluate Advanced Video Guidance Sensor (AVGS)
performance, DART began to transition its navigational data source from the GPS to AVGS as
planned. Initially, the AVGS supplied only information about MUBLCOM’s azimuth (angular
distance measured horizontally from the sensor boresight to MUBLCOM) and elevation relative
to DART. However, as DART approached MUBLCOM, it overshot an important position in
space that would have triggered the final transition to full AVGS capability. Because it missed
this critical waypoint and the pre-programmed transition to full AVGS capability did not happen,
the AVGS never supplied DART’s navigation system with accurate measurements of the range
to MUBLCOM. Consequently, DART was able to steer towards MUBLCOM, but it was not able
to accurately determine its distance to MUBLCOM. Although DART’s collision avoidance
system eventually activated 1 minute and 23 seconds before the collision, the inaccurate
perception of its distance and speed in relation to MUBLCOM prevented DART from taking
effective action to avoid a collision.

Approximately 11 hours into what was supposed to be a 24-hour mission, DART detected that its
propellant supply was depleted and began steps to initiate a series of departure maneuvers.
Although it was not known at the time, DART had actually collided with MUBLCOM 3 minutes
and 49 seconds before initiating departure. MUBLCOM did not appear to experience significant
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damage, and the impact actually pushed it into a higher orbit. Then, shortly after the collision,
DART determined that it was nearly out of maneuvering fuel and initiated its pre-programmed
departure and retirement maneuver. DART’s departure and retirement phase proceeded per the
original plan, and MUBLCOM regained its operational status after an automatic system reset that
resulted from the collision.

Because DART failed to achieve its main mission objectives, NASA/HQ declared a “Type A”
mishap and convened an MIB to perform a detailed investigation. The DART MIB initiated its
investigation activity during the week of April 18, 2005, and completed its activities
approximately five months later with the submittal of its final report. The MIB’s final report
clearly identifies and explains the causes of the DART mishap and provides a comprehensive set
of findings and recommendations.

DART was a one-time project. Because of this, the MIB did not propose specific design changes
for the DART spacecraft. The formal mishap report contains detailed recommendations for the
root causes that should prevent similar mishaps in the future. A summary of the root causes and
recommendations identified by the DART MIB is provided in Appendix A.

XSS-11

The U.S. Air Force Experimental Satellite System-11 (XSS-11) micro-spacecraft was launched
on April 11, 2005, from Vandenberg Air Force Base, California, on a Minotaur booster into an
orbit with 800 km altitude. The mission objective was to utilize a small 100kg spacecraft to
explore a range of military functions, including 1) the demonstration of manual rendezvous and
proximity operations; 2) the validation of an autonomous process for the planning and execution
of space rendezvous; 3) the refinement of tools and operational concepts for space rendezvous;
and 4) the characterization of the performance impact of spacecraft position and velocity
uncertainties on rendezvous operations. The XSS-11 system was developed under the
sponsorship of the U.S. Air Force Research Laboratory’s (AFRL) Space Vehicles Directorate at
Kirtland Air Force Base (New Mexico). The XSS-11 mission leveraged the success of a
precursor mission called XSS-10. The XSS-10 spacecraft performed a 20-hour mission in
January 2003 during which it performed proximity operations and inspection of the second stage
body of the Delta-1l booster that launched it into orbit. These small and affordable XSS-10/11
micro-spacecraft missions made significant technical contributions by demonstrating the
technology needed for the critical functions of autonomous mission planning, rendezvous, and
proximity operations. It was foreseen that these functions would be routinely required in the
future to expand Air Force space control operational capabilities. Initially, the XSS-11 spacecraft
successfully demonstrated rendezvous and proximity operations with the expended upper stage
of its Minotaur booster. During the remainder of its 12-18 month mission life, XSS-11 conducted
rendezvous and proximity maneuvers with several U.S.-owned dead or inactive resident space
objects near its orbit. The AFRL reported that, as of May 2006, the XSS-11 spacecraft had
accomplished 50 rendezvous engagements, more than 300 natural-motion circumnavigations of
targets, and over 1,200 hours of proximity operation. Some high-level operational lessons
learned from the XSS-11 mission include 1) Expect that proximity operations will take longer
than expected; 2) Anticipate off-nominal conditions and pre-plan appropriate recovery
procedures; 3) Establish a team responsible for mission safety; 4) Monitor in real-time the
GN&C performance and fault management software status; and 5) Understand the impacts of
thruster performance on rendezvous and proximity operations. In summary, during its mission,
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the successful flight of the XSS-11 spacecraft contributed to the evolution of technologies to
efficiently plan, evaluate, and safely oversee not only a variety of autonomously conducted space
rendezvous and proximity operations, but also those needed for a new class of affordable micro-
spacecraft platforms that would lower launch costs and extend the capabilities of future space
missions. The XSS-11 system was rapidly developed over a period of slightly more than 3 years:
from initial concept definition to launch took 39 months. The mission had a total program cost,
including launch and mission operations, of approximately $80 million. Lockheed-Martin
Astronautics (Colorado) served as the XSS-11 systems support contractor.

Orbital Express

The Orbital Express Demonstration System (OEDS) flight demonstration project was established
and sponsored by the Defense Advanced Research Projects Agency (DARPA) to develop and
validate key technologies required for cost-effective servicing of next-generation spacecraft. A
Boeing-led contractor team built the two-spacecraft OEDS which was launched 8 March 2007,
aboard an Atlas V launch vehicle, to begin a four-month on-orbit mission. OEDS included the
Autonomous Space Transport Robotic Operations (ASTRO) Servicing spacecraft, built by
Boeing Advanced Network and Space Systems and the Next Generation Serviceable Satellite
(NEXTSat), serving as a client vehicle, built by Ball Aerospace Corporation. The two vehicles
were launched together in a mated configuration. The low earth orbit test flight demonstrated
autonomous rendezvous and capture (AR&C) functions using advanced GN&C sensor,
guidance, and relative navigation hardware and software.

As described in reference 63, during the course of six unmated scenarios, the ASTRO spacecraft
demonstrated completely autonomous rendezvous and capture (AR&C) of the NEXTSat from
ranges of 10 meters to hundreds of kilometers using advanced sensor, guidance, and relative
navigation hardware and software technologies. NEXTSat capture was performed in two ways,
via direct capture, using a three-pronged soft capture mechanism, and freeflyer capture, using a
robotic arm.

The Orbital Express mission accomplished numerous first-of-a-kind activities in space,
including:

1) Autonomous capture and servicing of a client spacecraft;

2) Fully autonomous capture of a free flying vehicle;

3) Autonomous component transfer using a closed-loop servo-vision system;

4) Fully autonomous on-board navigation and guidance to approach and stationkeep within 10
cm of a client spacecraft using a passive vision system;

5) Fully autonomous “soft” capture of a spacecraft while stationkeeping;

6) Fully autonomous transfer of hydrazine propellant from one vehicle to another on-orbit with
US technology.

7) Transfer of a battery and a computer avionics unit between spacecraft on-orbit.
ASTRO’s Autonomous Rendezvous and Capture Sensor System (ARCSS) used onboard visible,
infrared and laser rangefinder sensors to provide real-time data and imagery to an onboard sensor

computer. As part of the OEDS project Boeing-developed the Vision-based Software for Track,
Attitude and Ranging (Vis-STAR) software, executing on the sensor computer, provided
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precision real-time client bearing, range and attitude as needed, from ranges of over 200 km to
soft capture. All the onboard sensor algorithms were successfully demonstrated, including

algorithms for long-range tracking, silhouette and edge tracking of the extended target against
space and Earth backgrounds, and docking target plate track against NEXTSat vehicle clutter.

Reference 63 summarizes in detail the results of the on-orbit performance testing of the ARCSS
(Autonomous summarizes the ARCSS and Vis-STAR on orbit performance. Elements of this
advanced GN&C technology demonstrated on the Orbital Express mission are being infused into
the Starliner CST-100 Reusable Spacecraft Capsule being developed Boeing to support
rendezvous and docking functions.

ESA Automated Transfer Vehicle

The Automated Transfer Vehicle (ATV) is a major European contribution to the ISS Program. In
combination with the Ariane 5 booster, the 20.5 ton, 8.5 meter-long ATV will enable Europe to
transport scientific equipment, general supplies, water, oxygen, and propellant to the ISS. This
robotic re-supply spacecraft will physically dock and mate to the ISS Service Module (the
Russian segment). The ATV’s 45 meter? pressurized module will carry 8.5 tons of cargo to the
ISS. Up to 4 tons can be propellant for ATV’s own 490-Newton main liquid bi-propellant
engines to perform orbital reboost of the ISS at regular intervals to compensate for atmospheric
drag effects.

The ESA plans to launch the first ATV flight model, named “Jules Verne,” on its rendezvous and
docking mission to the ISS in mid-2007. The ATV is currently undergoing final integration and
space environmental tests at ESA’s test facilities in Noordwijk, the Netherlands.

The ATV GN&C hardware suite consists of two star trackers, a GPS receiver, four Videometer
optical rendezvous sensors, and 28 220-Newton liquid bi-propellant attitude control and orbital
braking thrusters. There is also an S-band radio frequency link between the ATV and the ISS for
proximity operations. A monitoring and safing unit (MSU) is employed on the ATV to detect a
critical failure or an unsafe situation. The function of the MSU is to isolate the ATV’s nominal
system and then command a Collision Avoidance Maneuver (CAM). This brings the ATV on a
safe trajectory within the monitoring corridor towards the I1SS. Once the CAM is completed, the
MSU would point the ATV towards the Sun, thus ensuring sufficient power from the solar panels
during the “survival” mode that the vehicle then enters. Additionally, a CAM can also be
manually commanded either by the ATV Control Center or by the ISS crew upon their detection
of any abnormal behavior.

The ATV program has expended significant effort to validate the platform’s rendezvous and
docking system’s sensors and software. The ATV rendezvous and docking system has recently
completed a significant development milestone. A series of qualification tests were conducted on
the ATV’s integrated flight sensor/flight control software system. These tests utilized a
sophisticated multi-DoF relative motion simulation hardware and software testbed facility near
Paris, France. Closed-loop end-to-end integrated rendezvous and docking system tests which
replicating the ATV’s final approach to the Russian docking port on the ISS were performed.
Each approach was conducted in steps, in real-time, over several hours with the mobile platform
advancing at an extremely slow pace. A mobile platform was controlled to replicate the precise
relative motion that the ATV and the 1SS were expected to experience during approach, from a
range of 250 meters to within docking contact conditions. On the platform, a set of passive
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rendezvous targets (retroreflectors), identical to the ones installed on ISS, faced the ATV
rendezvous sensor package mounted on an articulated robotic arm. This platform replicates the
closing motion between ATV and ISS, and the robotic arm replicates the relative rotation and
lateral motion between the two vehicles. To make this rendezvous system testing as realistic as
possible, a full-scale mockup of the aft end of the ISS Service Module was placed on the test
facility’s moving platform. This mockup included the Russian docking port (including the
Russian-made thermal blankets) and the retro-reflective targets.

These tests also were to obtain a realistic performance characterization of the ATV’s Videometer
sensor flight hardware capabilities, both in the in acquisition phase and in the targeting phase of
the rendezvous. During the simulated rendezvous engagement, the Videometer tracking
performance of the ISS retroreflectors was monitored. The function of the Videometer is to
process images of its emitted laser beam as reflected back to the ATV by the passive
retroreflectors installed on the ISS next to the Station’s Russian docking port. During these tests
the Videometer output data was input directly to the ATV flight control system software in a
closed-loop manner.

JAXA H-I1 Transfer Vehicle

The JAXA H-II Transfer Vehicle (HTV) is an uncrewed re-supply space vehicle similar to
ESA’s ATV, which transports cargo from the Tanegashima Space Center to the ISS. The HTV
will deliver daily goods such as water, food and clothing, and experimental equipment to the
Japanese Experiment Module after the completion of ISS assembly.

The HTV is an uncrewed orbital transfer vehicle that measures 10 meters in length and 4.4
meters in maximum diameter. The HTV vehicle weighs 16.5 tons and carries a 6-ton payload to
the ISS in logistic carriers. At the rear of the HTV are an avionics module that accommodates
navigation electronics and a propulsion module that supports the vehicle’s rendezvous with the
ISS.

After the insertion to the orbit by a heavy-lift version of the H-11A launch vehicle, the HTV will
perform rendezvous maneuvers using position data from the relative GPS navigation system and
the Rendezvous Laser Radar. HTV uses a rendezvous algorithm, which was validated on the
Engineering Test Satellite-VII (ETS-VII) technology demonstration satellite. The HTV has been
designed for a solo flight duration of about 100 hours. An S-band radio frequency (RF)
communications system link is also established between the HTV and the ISS when the relative
distance between the two craft closes to within 23 km. This communication link allows the two-
way flow of mission critical data and commands during HTV rendezvous and proximity
operations. The link transmits the GPS data from the ISS to the HTV along with safety- critical
ISS crew commands to the HTV. This RF link provides range and range rate measurements to
monitor the HTV flight path as it approaches the ISS. The ISS will also receive HTV state-of-
health telemetry data over this link.

The HTV halts at a predetermined region called Berthing Box, some 10 meters below an ISS
berthing port. Unlike the ATV, the HTV will not have a docking capability. Instead, once the
HTV is maneuvered into Berthing Box, the Canadian Space Station Robotic Manipulator System
robotic arm will then grapple/capture the re-supply craft and position it to one of the ISS docking
ports. This HTV berthing method was devised by mission designers to lower the risk to the
crewmembers onboard the ISS in the event of a HTV malfunction/anomaly. The HTV has been
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designed to remain docked with the ISS for about 30 days. After the completion of its re-supply
mission to ISS, the HTV will self-destruct when it re-enters the atmosphere.

As of mid-2006, an HTV prototype had been developed at the Tsukuba Space Center. This
prototype will be subjected to thermal, acoustic and vibration environment tests to verify and
qualify the vehicle’s basic design. The HTV is scheduled to be launched by an augmented H-11A,
the H-11B launch vehicle, which is currently under development in Japan, in 2008.

1.5.3 Comparison of GN&C DDT&E Practices for Human-Rated and Robotic Spacecraft

An historical comparison of the GN&C systems used for human-rated spacecraft versus those
flown on robotic spacecraft reveals a number of similarities and differences. From a functional
viewpoint, one can see that the GN&C for both crewed and robotic spacecraft must operate and
perform in many of the same mission phases. For example, although the robotic spacecraft
GN&C is not typically fully operational, or even powered on, during launch and ascent it must
survive the same stressful environmental rigors of a powered boost phase as a crewed
spacecraft’s GN&C. Some robotic spacecraft have mission requirements that require their
GN&C subsystem to perform some or all of the same functions that would be demanded of a
crewed spacecraft. The history shows some robotic missions required the GN&C system to
compute and perform propulsive orbit/trajectory maneuvers for the vehicle to escape Earth orbit
in order to reach the Moon, the planets, the Earth-Sun Lagrange points or other regions of
scientific interest. Also some robotic missions have required the GN&C to support planetary
entry, descent, and landing (EDL) operations (e.g., the Mars Exploration Rover landings in
2004), including, in a few cases, a fully autonomous precision soft landing on potentially
hazardous terrain (e.g., the Surveyor lunar landers in the mid-1960s and the Viking Mars landers
in the mid-1970s). Still other types of robotic missions necessitated a capability for a planetary
orbit rendezvous (e.g., the Mars Sample Return mission).

Generally speaking, the generic end-to-end GN&C DDT&E process portrayed in Figure 1.4-1
can be applied equally well to robotic and crewed spacecraft GN&C design and development.
Very strong similarities exist in the type of GN&C navigation and attitude sensors used on both
classes of platforms. There is some level of similarity as well in the type of actuators employed,
as both crewed and robotic spacecraft typically use the same type of vernier reaction control
thruster technology to generate both attitude control torques and small orbit/trajectory correction
forces. However, some types of attitude control actuators typically flown on NASA robotic
spacecraft (e.g., small reaction/momentum wheels and magnetic torquers) have not been used on
U.S. human-rated spacecraft to date. Likewise, the type of very large CMG actuator currently
flying on the 1SS would rarely, if at all, be used on a NASA robotic spacecraft. Designers of both
types of GN&C systems must each deal with the reality that there is now, primarily due to
industry coalescence, only a small number of third-tier GN&C component vendors offering a
limited product line of COTS hardware. The detailed GN&C engineering design steps and
analysis methodologies (i.e., controller stability analysis) as well as many of the associated
software-based tools used to perform analysis are the same in both cases.

There are many fundamental differences between the two types of GN&C systems. The primary
difference is the level of fault tolerance required on human-rated spacecraft to ensure the GN&C
system-level reliability supports the satisfaction of the top-level crew safety requirements. In
particular, the GN&C systems for crewed spacecraft must satisfy the safety and reliability
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requirements as defined in each project’s Human-Rating Plan. This plan lists requirements for,
among other things, design criteria (including software), test and verification, system
safety/reliability engineering, and human factors engineering. These project specific
requirements are tailored and derived from the top-level NASA Program Requirements (NPR)
Human-Rating Requirements Document. (i.e., NPR 8705.2). Details may vary but it is highly
likely that all future U.S. human-rated spacecraft will have a high-level two-fault tolerant fail
operational/fail safe requirement that will flow down to the GN&C designer from the NPR
8705.2 governing document.

The point is that the designer of a GN&C system for a human-rated system must always keep the
physical safety of the crew foremost in mind. Early on, the designer should build checkpoint
steps into the GN&C design process that will help ensure that all conceivable GN&C
failures/malfunctions that would pose a crew hazard are recognized and adequately addressed. If
the specific fault tolerance requirements cannot be met, then the GN&C designer will need to
adopt a “Design for Minimum Risk” approach. The fundamental overriding objective is to ensure
the highest probability of safe crew return for all operation modes and flight regimes in which
the vehicle is expected to fly. Early trade studies to define and select the safest GN&C system
architecture are required to accomplish this objective without any major GN&C redesign over
the spacecraft’s life cycle.

The GN&C engineer on a human-rated spacecraft development project must clearly understand
which aspects of the mission are “Mission Critical” (1-fault tolerant) and which are “Crew
Critical” (2-fault tolerant). This mission criticality versus crew criticality drives the fault
tolerance that must be embedded in the GN&C system on a human-rated spacecraft. Building in
sufficient fault tolerance for crew safety is a very fundamental distinction and it is an aspect of
system design that the robotic spacecraft GN&C designer is never concerned with.

Fault tolerance is a deep multidisciplinary subject involving spacecraft avionics (e.g., flight
processors, remote interface units and the connecting data buses), FSW, GN&C, human factors
and perhaps other technical areas in some cases. In practice, fault-tolerant design is based on
redundancy, and it should start at the spacecraft architectural level and flow down to the GN&C
system. The design of fault-tolerant systems for human-rated aerospace systems is beyond the
scope of this discussion but it is insightful to at least mention one relevant lesson learned from
the Space Shuttle Program. Usually some form of voting is employed in a fault-tolerant system.
Voting schemes face a dilemma, however, of identifying a failure among three or two identically
redundant avionics units (e.g., an IMU). In the case of the Shuttle Orbiter, which flew three
identical zero-fault tolerant IMUs, it was relatively straightforward to identify (i.e., vote out) the
first IMU failure but the task of identifying the failure of a second IMU, out of the remaining two
healthy IMUs, was problematic. This condition is sometimes referred to as the “man with two
watches doesn’t know what time it is” syndrome. In general, the need to identify a second failure
comes directly from the high-level mission requirement to be two-fault tolerant. RM FSW was
therefore developed for the Orbiter to resolve the dilemma of identifying a second IMU failure
between two healthy units. This highly complex RM development process for the Orbiter
resulted in a large number of source lines of code and a costly V&YV effort to certify the RM
software costs. There were also significant life-cycle costs associated with updating, maintaining
and re-certifying for flight the Orbiter’s RM FSW over the multi-year Orbiter operation period. It
is commonly understood that the Space Shuttle Program’s decision to employ the RM FSW
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approach was initially based upon the results of a tradeoff between the cost/mass/power impact
of flying an additional (fourth) zero-fault tolerant IMU identical to the other three in the avionics
design. In retrospect, it appears the costs associated with the development and maintenance of
the RM FSW far outweighs the cost of an additional IMU. Another factor to be highlighted here
is the complexity of the RM FSW, which created a barrier to flight operations staff to learn and
fully understand its internal computations and output behaviors. The potential drawbacks of
using software (with its relatively high maintenance costs over the mission life cycle) instead of
hardware to efficiently and affordably identify the second failure within a family of identical
GN&C hardware units is the lesson to be learned here from the Orbiter RM experience. This
experience also reinforces the point that features of the selected GN&C architecture will have
long-term ramifications throughout the spacecraft’s lifecycle; these features should be carefully
considered and well supported with thorough trade studies.

A major difference between the two types of GN&C occurs in the area of contingency planning
and contingency response. In both the robotic and crewed mission applications, the GN&C
system must be designed to operate under routine (hominal plus reasonable uncertainty factors)
flight conditions. However, the human-rated spacecraft GN&C system must also be designed
with sufficient functional capabilities to ensure the safety of the crew under the extreme flight
conditions when severe spacecraft and/or launch vehicle degradations, malfunctions and failures
may occur. An abort strategy must be formulated to dictate the system response and the specific
actions to be taken to remove the spacecraft (with its crew) from an intolerably unsafe and
possibly hazardous dynamic state. Abort planning will first consider those phases of the mission
where risk levels are the highest. For NASA human-rated crewed spacecraft, these high-risk
phases occur at the beginning and the end of each mission. That is to say, they occur during the
launch event itself (booster ignition), during the powered flight ascent trajectory into the initial
mission orbit about Earth, and during the EDL phase of the mission. Unsafe conditions could
arise from many problems that span the entire mission envelope. A launch vehicle propulsion
system problem will, after attempting all possible pre-abort options, trigger an abort. Future
human-rated spacecraft will need some form of on-board autonomous “abort manager” software
to rapidly detect an anomalous condition during launch, ascent, rendezvous, and/or the EDL
phases and take steps to either resolve the anomaly (e.g., by swapping out a “bad” IMU for a
“good” IMU) or, where possible, to trigger the initialization of a pre-planned abort mode.
Although the details are not within the scope of this particular GN&C discussion, it should be
mentioned that a highly robust and reliable fault-tolerant processing capability must be provided,
especially during these brief but stressful mission events. During the EDL phase, for example,
there is no time to re-boot flight processors in the face of a computing fault and/or failure.
Rather, the fault-tolerant processing system should, in a manner that is transparent to the GN&C
system, manage (e.g., detect, mask, contain, recover, or reconfigure) any computing faults and/or
failures. Aborts during launch and ascent will prematurely terminate the mission to return the
crew safely to Earth. The designers of robotic spacecraft GN&C systems never specifically
consider this type of launch-related abort planning and design implementation.

It is true that robotic spacecraft GN&C designs do not universally have “abort modes” of
operation, but it is very typical for the GN&C system on a robotic spacecraft to include one or
more safe-hold modes. During routine on-orbit operations, it is not uncommon for robotic
spacecraft to failover to a degraded-performance safe-hold mode in the face of an on-board
GN&C anomaly that cannot be directly resolved on-board with pre-determined sensor, actuator,
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processor, and/or software reconfigurations triggered by resident FDIR FSW logic. In these
cases, the robotic spacecraft remains in the offline power/thermal safe configuration in an
orientation that allows for periodic (at worst) or preferably continuous telemetry, tracking, and
command communications with the ground. Under certain fault or failure situations, a robotic
spacecraft may stay in its degraded GN&C performance safe-hold mode for days and perhaps
weeks until such time as the ground operations team can diagnose and identify the cause of the
anomaly and take corrective action to bring the vehicle back on-line with full GN&C
performance to resume its normal mission operations.

NASA’s next generation of crewed spacecraft would benefit from having safe haven modes of
operation, analogous to the safe-hold modes used on robotic spacecraft, in addition to a
comprehensive set of abort mode capabilities. For example, it would be prudent to have a safe
haven attitude control mode in place for those flight periods where the crew is not providing
continuous watch. This capability might be particularly useful on missions with a long-
endurance cruise phase.

There could possibly be abort scenarios where the mission is continued but with highly altered
and much less ambitious objectives than originally planned. In these cases, an abort could result
in the spacecraft being temporarily placed, either automatically or via crew command, into a safe
haven mode. An example of this can be found within the context of space rendezvous. The
determination that a chaser spacecraft is on a collision course with the target spacecraft during
rendezvous and docking operations should trigger an abort. A possible GN&C system response
to such an abort occurring during the terminal phases of a rendezvous would be to initiate a
chase vehicle orbital maneuver to enter a nearby collision-free safe orbit and to then transition
the spacecraft into a safe haven mode until the anomaly is resolved and the GN&C system
recovery completed. This type of human-rated spacecraft on-orbit contingency and abort
planning, as well as the functional implementation of safe haven modes, is not unfamiliar to
robotic spacecraft GN&C designers.

Robotic spacecraft GN&C system designers often exploit the advantages of flying dissimilar
flight hardware. There are many examples of this. Digital fine Sun sensors are often used to back
up star trackers for precision attitude determination. Magnetometers can be used for backup
attitude determination, and thrusters can be used in place of magnetic torquers to unload excess
reaction wheel momentum. Separate and dissimilar processors are used to host and execute
digital safe hold mode control laws.

Designers of human-rated spacecraft GN&C systems should consider employing sensor and
actuator dissimilarity to, at a minimum, provide the crew with backup manual vehicle control
options in a safe haven mode. Implementing this backup functionality would require the
architecting, early in the DD&TE process, of a dissimilar set of flight control software
algorithms running on a dissimilar processor with sensor feedback from a dissimilar IMU and
some associated panel displays and hand controllers.

There are two fundamental benefits of having dissimilar GN&C hardware and software on either
a robotic or human-rated spacecraft. Firstly, dissimilar GN&C hardware is of great value in fault
detection and isolation. The correct diagnosis is more certain when a diverse set of dissimilar
hardware and/or software is used to perform FDIR functions on the spacecraft. Secondly,
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dissimilar GN&C hardware and software can be brought on-line and into service in support of
the recovery process.

Finally, consider that along with the advantages of flying dissimilar GN&C equipment comes
some finite level of incremental cost and risk increase. The dissimilar hardware selected should
be high- Technology Readiness Level (TRL) proven components, not advanced technology
items. Even so, it is quite likely the components will require different mechanical, electrical, and
software interfaces, have different operational constraints, and require their own dedicated test
sets and test procedures. Furthermore, if these dissimilar units are being added to an existing
baseline architecture, the GN&C designer will have to justify any necessary increase in mass and
power resource allocation. Also, these dissimilar GN&C devices will have their own unique
operational nuances and idiosyncrasies that will need to be characterized and understood. In
summary, it is advisable for GN&C designers to carefully consider the full range of the tradeoff
between using dissimilar GN&C hardware units as an alternative to a non-diverse redundancy
approach using multiple identical copies of a single given unit.

Some, but not all, of the other differences between human-rated and robotic spacecraft GN&C
systems are:

1. Generally speaking, NASA and its various contractor teammates have far more experience in
the DDT&E of GN&C systems for robotic spacecraft than for crewed spacecraft. A wide
variety of mission-unique robotic spacecraft GN&C architectures are designed, implemented,
and flown each year. A conservative estimate, based upon the average number of new flight
project starts over the past 20 years, indicates that NASA performs or sponsors the design
and development of three to five new robotic spacecraft GN&C systems per year. In
comparison, NASA and its contractors have designed, developed, and flown only two new
human-rated GN&C systems, one on the Space Shuttle and one on the ISS, since the
termination of the Apollo and Skylab Programs in the 1970s. The level of complexity,
specific sensor and actuator components, FSW, level of on-board autonomy and size, and
scope of the associated ground systems and ground operations teams have all varied
depending on the nature of the robotic mission requirements. The result is that NASA and its
contractors have a substantial and diverse GN&C engineering experience base for robotic
spacecraft applications.

2. The GN&C systems on most human-rated spacecraft to date were required to operate over
mission durations on the order of weeks to months. The one obvious exception to that is the
ISS GN&C system, elements of which (e.g., the CMGs) can be replaced. The longest mission
durations for future lunar exploration spacecraft will be on the order of months, not years.
Typically robotic spacecraft missions are of multi-year duration and can be as short as 2-3
years or as long as 10-15 years. The GN&C system is expected to reliability function over
that multi-year period. The GN&C systems of robotic spacecraft are not typically designed to
be serviced in-flight. The Hubble Space Telescope is the one obvious exception to that
general rule. A recent trend is however to include certain robotic spacecraft design features
on client spacecraft that specifically support potential cooperative in-flight servicing. These
feautres include, among others, laser retro-reflectors, visual and infrared fiducial markings,
berthing features, robotic grapple fiducials and fixtures, cooperative fluid ports, and free drift
ACS Mode.
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3. Unlike the case for robotic spacecraft, it is likely that future human-rated spacecraft will be
reused multiple times over a multi-year operation period. The physical, economic, and
safety-related impacts of refurbishing, servicing, and/or replacing GN&C hardware on the
ground after each mission must be considered early in the GN&C design process. Robotic
spacecraft are virtually never reused to fly multiple missions, so the ground refurbishment,
servicing, and/or replacement of GN&C equipment are extremely rare occurrences. A
notable exception to this general rule was the Solar Maximum Mission (SMM) Modular
Attitude Control System (MACS) that was returned from space by the Orbiter as part of the
1984 SMM repair mission, refurbished and then flown again on the Upper Atmospheric
Research Satellite (UARS).

4. Labor-intensive V&V costs to regression test and recertify any modified GN&C flight
hardware and FSW are more burdensome for human-rated spacecraft GN&C applications
than for robotic spacecraft GN&C.

5. System mass and power are two commodities carefully allocated and closely managed on
both crewed and robotic spacecraft but the essential electrical power resource required to
operate the GN&C is typically more scarce on robotic spacecraft. This results in different
GN&C system architectural approaches. Power constraints on robotic spacecraft often
preclude the flying of multiple copies of identical GN&C hardware units. Given these power
constraints, robotic spacecraft GN&C subsystems are therefore often designed with a
minimally redundant set of sensor/actuator hardware (e.g., 4-for-3 redundancy at the
individual inertial sensor level) as compared to the Shuttle Orbiter, which flies with a
complement of three identical IMUs.

6. The “cockpit panel” displays, monitors and alarms, as well as the hand controllers used for
piloting inputs, which are typically used on crewed spacecraft are non-existent on robotic
spacecraft.

7. For human-rated spacecraft, specialized GN&C training and simulation is required for both
for the crew and the ground operations team. Specialized GN&C training is required only for
the ground operations team on robotic spacecraft missions.

8. Aittitude control, line-of-sight pointing, and jitter (pointing stability) control performance is
not a primary design driver on crewed spacecraft as it is on many of NASA’s robotic science
spacecraft. Stringent attitude control is not typically required on crewed spacecraft. It should
be noted that potentially certain payloads on crewed spacecraft (e.g., an optical
communications terminal) may in fact need their own forms of precision pointing/pointing
stability. However, that would be more the exception than the norm.

9. Robotic spacecraft, especially Astro-physics and Earth remote sensing space observatories,
often have stringent instrument line-of-sight pointing and pointing stability requirements
which drive the need for in-depth high-fidelity jitter modeling and analyses. Understanding,
managing, and mitigating spacecraft jitter (also often referred to as “micro-vibration”) is a
highly multi-disciplinary task that not only engages the attitude controls engineers but also
the systems engineering, structural dynamics, mechanisms, and payload (e.g., optics) teams
as well. References 30-35 (in Section 2.1, Addtional Post-2007 References) provide
experiences, guidelines, insights, rules of thumb, potential design options, lessons learned,
and best practices on the specific GN&C engineering topic of managing space observatory
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11.
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line-of-sight jitter. For example, an important jitter engineering lesson learned is that there is
no substitute for early sensitivity analyses specially when coupled to a complete
pointing/pointing stability error budget. A complete error budget is absolutely needed at the
start of a project with challenging micro-vibration requirements. Likewise, it is paramount to
identify, early in the design cycle, all possible sources of on-board disturbances that can
cause jitter. An observatory system-level Dynamic Interaction Test (DIT) to characterize
jitter is the best way to gain confidence in an End-to-End model and performance
predictions.

Robotic spacecraft rarely have requirements for rendezvous and docking, which greatly eases
the GN&C DDT&E burden. Conversely, most human-rated spacecraft are required to
possess some level of rendezvous and docking capability. However, it should be noted that
robotic spacecraft may have requirements imposed on their design to support rendezvous and
proximity operations needed to accomplish in-flight servicing (e.qg., refueling).

Designers of typical robotic spacecraft GN&C systems do not typically address the type of
aerodynamic flight control design challenges posed by satisfying EDL requirements.

Designers of typical robotic spacecraft GN&C systems tend to focus primarily on satisfying
requirements for attitude determination and control as well as navigational requirements.
Only rarely must the robotic spacecraft GN&C system designer address requirements for
spacecraft guidance functions. The exceptions to this general rule are the rare occurrences
when robotic satellites have requirements for rendezvous and docking.

Robotic spacecraft do not typically require the same levels of highly robust and reliable fault-
tolerant processing capabilities found on human-rated spacecraft to support GN&C system
FSW execution.

Human-rated spacecraft are flown by pilots, whereas robotic spacecraft are not. Therefore,
far more than their counterparts working on robotic spacecraft, the designers of GN&C
systems for crewed spacecraft must recognize and address the issue of “mode awareness.”
Fundamentally, and in the context of this GN&C discussion, the problem of mode awareness
focuses on the crew’s ability (or lack of ability) to clearly understand what specific mode the
spacecraft’s GN&C system is in at any given time. The international aviation community has
recognized the occurrence of mode awareness problems on the flightdeck of modern aircraft
for several years. Fatal aircraft accidents have been attributed to mode errors by aircraft
pilots. Some avionics companies are developing new flight control system designs to reduce
the likelihood of such mode errors and to improve the pilot’s understanding of aircraft
modes. A 1996 FAA study of this mode awareness problem on “highly automated aircraft
flight decks” revealed at least four main points that should be factored into the design of
future crewed spacecraft GN&C systems: 1) pilots had difficulty understanding the control
algorithms of each of the modes; 2) pilots had incomplete or wrong expectations of flight
control system behavior; 3) situations unforeseen by the flight control system designer lead
to unexpected mode behaviors; and 4) pilots had difficulty anticipating the next flight control
system state. Clearly the astronaut crew on a spacecraft should nominally have a combination
of information from the ground operations team and on-board GN&C information displays
for situational awareness, allowing them to monitor transition through the various GN&C
operational modes, including abort and safe haven modes.
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Modern and sophisticated spacecraft digital flight control systems will have many modes of
operation, and in some such systems it may be relatively easy for the crew to transition from
one mode into another without knowing it. This is because sometimes the transition between
GN&C modes is automatic and not manually commanded by the crew. Mode errors occur
when the crew assumes the GN&C is in one mode, when in fact it is actually in another
mode. Similar crew inputs, while operating in different GN&C modes, could produce a
drastically different, and possibly unsafe or hazardous, spacecraft response. GN&C
designers, together with human factors engineers, must include design features to enhance
the crew’s ability to quickly and easily determine the actual mode of GN&C operation.

With regard to GN&C mode awareness, a three-pronged approach is recommended to:

1) eliminate, or at least reduce, the probability of “automation Surprises” where the GN&C
system takes unexpected actions and/or fails to take expected actions; 2) protect against a
crew member preparing a mode (e.g., the loading mode-specific data into the flight
processor) but forgetting to engage it; and 3) reduce errors of omission in which the crew
fails to detect undesired GN&C behavior and fails to identify a mode error as the cause of the
anomalous performance. Clearly much of the solution here is to enhance the crew’s
situational awareness of unfolding GN&C events. This can be accomplished with a system
design that eliminates multiple modes that perform essentially the same task, enhanced
GN&C displays that provide graphical and audio cues indicating mode transitions, a simple
mode control interface, procedural design, and realistic crew training in high-fidelity
simulators to exercise mission scenarios that represent to most safety-critical situations. The
two primary takeaway points here are that GN&C mode awareness has a direct impact on
overall system safety and that mode awareness issues are almost exclusively a GN&C design
challenge for crewed spacecraft.

While spacecraft GN&C technology trends (for both crewed and robotic missions) are clearly
moving toward onboard highly automated or even fully autonomous flight control systems,
the expectation is that crewed spacecraft will always have some form of on-board manual
flight control option available to pilots. Even with today’s extremely automated and
autonomous spacecraft, there is a critical and relevant need to design manual flight control
modes with satisfactory handling qualities for each operational function [refs. 19, 20].
Defining measurable and predictable spacecraft handling qualities has been a concern since
the beginning of crewed spaceflight. A lack of sufficient understanding of spacecraft
handling qualities can lead to increased crew training requirements, additional pilot in-flight
mental workload, undesirable flight control system interactions, and an inability to perform
the mission/task. Unsafe, high-risk vehicle operations can result from poor handling qualities.
Spacecraft handling qualities apply to both nominal and emergency operations. Manual flight
control capabilities, if designed with handling in mind, will serve to make a spacecraft fly
more robustly in the face of equipment failures, such as attitude control thruster failures.

The requirements for spacecraft handling qualities must be an integral element of the GN&C
systems engineering process for a piloted spacecraft. Ideally, specific vehicle attributes,
defined early in the design and development process, will make handling qualities as
compatible as possible with human operations. The spacecraft GN&C team, along with other
engineering disciplines, must balance analysis of automated flight control modes/tasks with
in-depth examination and testing of allowable and appropriate pilot inputs, based on offline

46



16.

17.

pilot models and human-in-the-loop simulations. Provisions for understanding,
accommodating, and verifying spacecraft handling qualities should be incorporated directly
into a crewed spacecraft flight control system’s design, not considered as an afterthought.
This will be a challenge for the GN&C community of practice, because no established
spacecraft handling qualities design standards exist. All this points to the critical need for
GN&C engineers to have easy access to a set of requirements that will enable a new
generation of piloted spacecraft to be designed specifically for compatibility with human
operation. Reference 28 addresses this need by providing a proposed set of concise design
requirements for crewed spacecraft, which should yield satisfactory handling qualities when
the pilot is performing manual flight control.

As described above, on human-rated spacecraft, the goal is to provide a manual control
capability for the crew wherever possible. This is typically accomplished for all modes of
GN&C operation where feasible on crewed spacecraft. However, during parts of both the
powered ascent and the EDL mission phases the time-constants of the system dynamics are
so short, relative to human detection/reaction times, that on-board manual human
intervention by the crew is precluded. Manual control of robotic spacecraft is only very
rarely performed (due to the large phase lag introduced by the relatively long round-trip
communication time delays) and then only under extreme circumstances.

Given their mission class, and their associated relative priority, some robotic missions are
severely challenged to secure communications (telemetry, tracking and command) services
during all mission critical phases including the launch and the early in-flight operational
period when so many failures occur. In some cases, the flow of GN&C engineering telemetry
data during launch and the first few orbits is limited and this can impact the ground team’s
ability to perform real-time performance assessments and diagnose anomalies. Designers of
robotic spacecraft GN&C systems need to keep this reality in mind and build in sufficient
GN&C autonomy for early orbit survival. Human space flight missions are, appropriately
because of the crew on-board, given the highest priority for communications services and can
be assured of receiving a continuous flow of GN&C telemetry data from launch to landing.

In summary, according to the historical record, even though they were not driven by challenging
crew safety requirements the designers of robotic spacecraft GN&C systems have had to
consider many of the same GN&C architectural technical issues and operational concepts as their
counterparts in crewed spacecraft design field. These issues and concepts were considered, even
though there are differences in contingency management policies and allowing for the fact that
they are not exactly identical GN&C engineering problems.

The general finding here is that while there are some distinct differences between the
requirements for human-rated and robotic spacecraft GN&C systems the fact remains that
several GN&C engineering lessons learned and best practices emerge from the robotic spacecraft
arena that should apply in an equally appropriate manner to the design and development of
GN&C subsystems for crewed, human-rated spacecraft.
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1.6 GN&C Best Practices

In this section, the comprehensive list of 22 GN&C best practices as identified by this NESC
study process are provided. These best practices are divided into “Early Work” and “Late Work”
categories, consistent with the overall philosophy of this report.

The Early Work best practices will properly guide GN&C designers through the complex and
iterative process of converting top-level requirements and operational concepts into a GN&C
subsystem architecture that is feasible, affordable, reliable, and implementable. These particular
best practices have been found to promote and enforce the necessary high-level abstract thinking
and design consideration work needed early in the DDT&E process to ensure the “right” GN&C
system is conceived for a given spaceflight mission. The Early Work steps of the GN&C
DDT&E process are depicted in Figure 1.6-1 for reference.

The Late Work best practices will properly guide GN&C engineers through the process of
translating the designers’ architectural intent into a physically real space flight system. These
practices have been found to both avoid workmanship problems, and to trap flaws in the design,
build, integration, test and operation of the spacecraft GN&C subsystems. The Late Work steps
of the GN&C DDT&E process are depicted in Figure 1.6-2 for reference.

It should be noted that many of the Early Work best practices apply to, and would normally be
extended into, the Late Work phase of the DDT&E process. For example, the analysis of the
spacecraft dynamics in all flight phases (i.e., #13) will certainly be initiated early on in the
GN&C development cycle, but will just as certainly continue right up through launch and
beyond.

Many sources were used while gathering and uncovering relevant information for this section.
The team performed an all-source “search and capture” process from which emerged a set of
common recurring GN&C lessons learned and associated best practices. These common GN&C
“mission success” themes and elements were seen across crewed and robotic spacecraft lines, as
well as across NASA and DoD spacecraft lines and across industry and government
organizational lines as well. The sources included:

NASA MIB Reports

Technical documents, reports, articles, and conference papers

NASA Lessons Learned Database

GSFC Rules for the Design, Development, Verification, and Operation of Flight Systems—

GOLD Rules®

e Acrospace Corporation’s Space Systems Engineering Handbook (Chapter 10) and “100
Review Questions to Ask” document

e Interviews with senior GN&C engineers inside and outside NASA

Several of the above sources have been summarized in this document’s appendices to provide
ready-to-hand references. Each best practice is mapped to one or more items from the appendices

> The Goddard Open Learning Design (GOLD) Rules specify sound engineering principles and practices, which
have evolved in the Goddard community over its long and successful flight history. They are intended to describe
foundational principles that “work,” without being overly prescriptive of an implementation “philosophy.”
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to provide a direct linkage for the reader to concrete lessons learned from “real world” examples
of space system GN&C mishaps and/or failures. The GN&C relevant appendices are:

Appendix A Selected GN&C-Related Robotic Spacecraft Mishaps/Failures

Appendix B GN&C-Related Lessons Learned Extracted from the NASA Lessons Learned
Information System (LLIS)

Appendix C GN&C-Related Best Practices Extracted from the NASA GSFC “GOLD Rules”
Database

Appendix D GN&C-Related Lessons Learned Extracted from the Aerospace Corporation
Document, “100 Questions for Technical Review”

Appendix E  Gimbaled vs, Strapdown Inertial Systems
Appendix F  Apollo Guidance, Navigation, & Control System Components
Appendix F  Use of Bond Number to Determine Liquid Slosh Regime
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Early Work Best Practices

Early work best practices enable designers to capture the breadth and depth of design drivers,
which is necessary for accurate evaluation of candidate designs.

1.

Conduct a comprehensive and iterative GN&C subsystem architectural development activity
early in the DDT&E process.

Search out, identify, and define all the interdisciplinary interactions and relationships that
exist between the GN&C subsystem and other spacecraft subsystems.

Ensure that a comprehensive abort/safe haven strategy has been formulated, and that abort
and/or safe haven functional capabilities are implemented, for all mission phases.

Host mission-critical GN&C FSW processing functions on a spacecraft processor with
sufficient computational power and assign sufficient processing priority to execute at the
necessary frequency established by analysis.
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10.

11.

12.

13.

14.

15.

Ensure that autonomous GN&C fault management is independent of all hardware and
software that might be involved in either causing or diagnosing a fault.

Establish and flow down the higher level of GN&C requirements necessary for a multi-
vehicle system of spacecraft that must safely interact during the rendezvous, proximity
operations, docking/undocking, and/or mated operational mission phases.

Critically evaluate redundancy with identical GN&C hardware components to ensure that the
net effect is an overall increase, rather than a decrease, in system reliability. Always keep in
mind that redundancy inherently adds complexity.

Evaluate all heritage hardware and software elements in the GN&C architecture in light of
potential differences in build, flight configuration, mission application, flight operating
environment, and design/operations teams.

Make certain that new GN&C technology is well qualified. It must have sufficient statistics
to show an acceptable safety margin, and flight-proven alternatives must be identified.

Design for Test: Consider the degree of difficulty of performing ground validation testing
and pre-flight calibration when evaluating candidate GN&C subsystem architectures.

Define and document the coordinate frames and the system of units (and associated
conversion factors) that are to be employed, and rigorously enforce compliance.

Ensure controller designs meet or exceed the following gain and phase margin stability
criteria as a function of GN&C design maturity.
. . Gain Phase
State of Design Maturity Margin Margin
Continuous analysis during preliminary design 12 dB 45°
Critical Design Review (CDR)-level sampled data
analysis with actual FSW 6 dB 30°
digital implementations and final flexible body models

Ensure the analyses of the dynamics in ALL flight phases are understood completely (e.g.,
aerodynamics, structural flexibility, damping, gyrodynamics, plume impingement, moving
mechanical assemblies, fluid motion (i.e., propellant slosh), changes in mass properties,
thermal snap).

Make certain that the analyst who develops the mathematical models for the simulation of the
GN&C hardware has hands-on familiarity with the hardware being modeled. All unexpected
results or anomalies during hardware testing must be explained and/or incorporated into the
simulation math model. Similarly, all deviations between results from the design simulation
and the V&YV simulation must be explained. Re-used heritage models from similar missions,
along with their intrinsic assumptions, must justify their application through testing in the
relevant new environments

The truth model used in verification of high-fidelity simulations must be developed
independently from that used in the design simulation.
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Late Work Best Practices

Late work best practices enable engineers to translate the designers’ intent into reality. These
practices have been found to both avoid workmanship problems, and to trap flaws in the design,
build, and integration of the subsystem.

16.

17.

18.

19.

20.

21.

22,

Establish a strong relationship with, and maintain close surveillance of, the GN&C lower-tier
component-level (both hardware and software) suppliers.

Ensure the GN&C subsystem adheres to the “Test As You Fly” philosophy. Create a Test As
You Fly Exception List documenting specifically where this test philosphy is not adhered to,
including a description of the accepted risk to mission success.

Plan and conduct true end-to-end sensors-to-actuators polarity tests in all flight
hardware/software configurations, including all flight harnesses/data paths, consistent with
the “Test As You Fly” philosophy. Resolve all test anomalies.

Plan and conduct sufficient GN&C hardware-in-the-loop (HITL) testing to verify proper and
expected hardware and software interactions in all operational modes, during mode
transitions, and in all mission-critical events.

Treat GN&C ground databases, uploads, ground application tools, command scripts/files, etc.
with the same disciplined care used for the GN&C FSW code and data.

Ensure that sufficient GN&C engineering telemetry data are down-linked to diagnose
anomalies, particularly during all mission-critical phases, including the early on-orbit
operational period when so many failures occur.

“Train as They Fly”—Ensure that a dedicated real-time GN&C simulator facility is
developed and maintained to allow the crew to realistically train and rehearse GN&C
operations in the manner that they expect to actually fly the spacecraft.
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GN&C Best Practice #1

Conduct a comprehensive and iterative GN&C subsystem architectural development activity
early in the DDT&E process.

Discussion:

The up-front “architecting-in” of robustness and reliability must be an integral part of the early
steps of the GN&C systems engineering process. Inferior architectures may be overly complex,
difficult to produce, test, operate, support, service, upgrade, and are often prohibitively costly to
adapt to evolving mission scenarios as the life-cycle extends beyond the anticipated time frame
of the spacecraft’s service life. An inferior GN&C architecture can also be “brittle” with few
robustness qualities. Desirable GN&C architectures allow for growth in the mission set and have
high measures of effectiveness, safety, reliability, affordability, and sustainability.

GN&C systems for future crewed space platforms will likely be embedded in both space and
ground assets. Exactly how the GN&C architecture allocates functionality across both space and
ground assets can have long-term impacts on the effectiveness and cost of operations over the
life-cycle. Careful consideration must be given to the integration of hardware and software. A
minimum set of sensor/actuator hardware that can be flexibly re-configured with minimum
human interaction would be highly attractive. GN&C software consisting of standardized and
modular algorithms applicable to a broad range of exploration vehicles and missions would also
be of great value. Common fault-tolerant computational architectures would improve reliability
and reduce development costs. These hardware and software attributes would presumably have
high spacecraft life-cycle value by supporting robust, reliable, and responsive exploration
mission operations.

Clearly, the selected architecture will directly influence the physical complexity, functional
behavior, and performance of the GN&C subsystem, along with the related properties of safety,
ease of implementation, operational complexity, affordability, robustness, serviceability,
adaptability, flexibility, and scalability. A superior architecture for most spacecraft GN&C
subsystems typically emerges from multiple iterations between the architects/designers and the
stakeholder/customer/end user communities. Architectural design is therefore an iterative loop,
where the expected reliability of necessary components dictate the level of functional and
hardware redundancy.

The migration of the Apollo Block | GN&C architecture into the Apollo Block 11 GN&C
architecture is an excellent and concrete example of how the GN&C for a human rated spacecraft
will naturally evolve over the early phases of the program. The two basic Apollo GN&C system
configurations were referred to as Block | and Block Il. The Block I system was designed when
the Command and Service Modules were to be landed on the moon. To achieve the system
reliability required by this plan, spare units were to be carried on board, and in-flight
maintenance was to be performed. However, inherent problems existed in this concept that were
never really solved, such as moisture getting into electrical connectors during change-out. The
adoption of the Lunar Orbit Rendezvous (LOR) strategy advocated by Houbolt was the principal
driver for the implementing the Block Il GN&C changes [ref. 28]. That decision point provided a
logical time to change to the Block Il configuration that, because of redundant paths, negated the
in-flight maintenance requirement and thereby avoided the connector problem. The Block 11
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system was smaller, lighter, and more reliable than the Block I design. Another advantage was
that the primary guidance systems for the CM and the LM could be nearly alike.

When looking back from today’s vantage point, it is quite easy to see that the June 1962 decision
to commit to the LOR approach was arguably one of the most fundamentally important
management decisions made during the Apollo Program. What is remarkable, and what is
important for today’s generation of NASA architectural planners to note, is that this very
important LOR decision was made relatively early in the Apollo Program. In fact, it was made at
a point where less than 1% of the total $19 billion Apollo budget had been spent [ref. 29].

An article from 1964 [ref. 31] provides another viewpoint on how the Block | Apollo GN&C
concepts underwent a number of evolutionary changes intended to improve mission flexibility
and reliability and save weight and space in the spacecraft. In the Block | design, the inertial
Guidance/Navigation subsystem being developed by MIT-IL fed its output signals through the
Honeywell-developed Stabilization/Control subsystem to operate the service module propulsion
engine and reaction control thrusters. With the two subsystems connected in this “series”
configuration, a failure in the Honeywell subsystem could incapacitate the Guidance/Navigation
subsystem. In the Block 11 configuration, the previous series configuration was changed to better
integrate the two subsystems while making them electrically independent. The obvious benefit
being that a failure in one does not affect the other. This was achieved by increasing the
capability of the Guidance/Navigation computer so it could handle the Stabilization/Control
tasks, thereby becoming the primary portion of the integrated guidance, navigation and control
system [ref. 31].

Another two items that bear on GN&C architectural development come directly from the Shuttle
Orbiter Flight Control System (FCS) design lessons learned [ref. 26]. As cited, the late
recognition of GN&C hardware constraints required an extensive “late” effort to develop FSW
revisions and to re-verify this modified software. This lesson learned from Shuttle points out the
benefit of having a GN&C architecture that provides software flexibility and reconfigurable
design constants that can reduce the impact of late emerging hardware constraints. Another
Shuttle Orbit FCS lesson learned, also identified in reference 26, had to do with the
consequences of “late” recognition of the FSW design impacts and operational procedure
complexities of incorporating automatic GN&C failure reconfiguration functionality in the
GN&C architecture.

Interviews with Apollo-era GN&C developers emphasized that early “hands-on” involvement by
astronauts/crew in the formulation of the GN&C architecture is a must. Early involvement and
participation by system operators in GN&C system architectural decisions, and the subsequent
design iterations, should return a significant payoff in safe and reliable mission operations over
the spacecraft lifecycle.

Lastly, it is important to stress the need for and the use of error budgets to help guide the
formulation of GN&C design concepts early in the DDT&E process. The creation of error
budgets is a fundamental task in the GN&C analysis process. Typically, error budgets are
constructed for the navigation, pointing knowledge, attitude control, and stability of a spacecraft.
Separate and distinct error budgets will need to be developed for each mode of GN&C operation.
Therefore, it is not uncommon for a single mission to have multiple error budgets. Error budgets
are made up of multiple individual line item allocations. These error budgets are used to

55



systematically decompose, partition, group, and allocate performance requirements across the
elements of a GN&C system. Preliminary error budgets are typically constructed based upon
initial best estimate assumptions of the quantitative performance (as demonstrated on past similar
missions) of navigation sensors, navigation algorithms, targeting algorithms, attitude
determination sensors, attitude/flight control algorithms, the clock/timing subsystem, attitude
control actuators, and other GN&C functional elements.

The individual line-item error sources are then summed together in a statistically appropriate
manner to determine if the overall estimated GN&C system-level performance can satisfy the
GN&C performance requirements for that particular mode of operation. The error budget will
also reveal the margin between the predicted performance and the required performance. The
error budget also serves to identify the predominant source(s) of GN&C error for a given mode
and to point out the “tall pole” error source(s) as specific areas for the GN&C system designer to
focus attention on. The GN&C designer can use error budgets as a “what if” tool to
parametrically explore sensitivities in system performance to variations in selected error sources.

Error budgets can be used to define specifications/constraints on navigation sensor performance,
attitude determination sensor performance, algorithm accuracy, attitude control actuator
performance, clock/time reference accuracy, structural misalignments, thermal distortions, etc.
Preliminary error budgets constructed early in the DDT&E process must be successively refined
and updated to reflect the changing GN&C system design and any changes to GN&C
requirements. The verification of each error budget line item allocation will need to be
performed either via analysis, modeling and simulation, demonstration, inspection and/or test.
The system of units used in an error budget should be consistent for all line items. It should also
be clearly noted if the values used in the budget are either 1-sigma, 3-sigma or worst case
allocation numbers.

Mission and/or Lesson Learned Linkages:
References 26, 28, 29, and 31
Relevant Questions:

1. Have all the high-level mission, system, and subsystem functional, performance, and
interface requirements that typically drive the nature of the GN&C architecture been defined
and documented? Have these requirements been clearly communicated to the architectural
definition team?

2. Have all the unique GN&C subsystem operational states/modes to be employed throughout
the mission life been identified? What are all these states/modes? What specifically
distinguishes these states/modes from each other? Where is there commonality between
states/modes? Have all state/mode transitions been identified?

3. For each GN&C mode, have the mission phases where this mode is utilized and the bounding
requirements on environment, vehicle dynamics, and performance and reliability/fault
tolerance been determined?

4. Have preliminary GN&C Error Budgets been formulated for each GN&C mode of operation?
Do these budgets take into account the specific sensors, algorithms, and actuators envisioned
to be used in each mode? Do these error budgets allocate performance levels to each element
of GN&C hardware and software (algorithm) such that the desired performance requirements
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10.

11.

12.

13.

14.

15.

are met? What is the basis-of-estimate for, and source of, the numerical entries on each line
of each error budget? Are all of the entries expressed in the same number of standard
deviations (e.g., 1-sigma, 3-sigma) or maximum NTE values? What is the rationale for the
method used to combine the different contributors into a total error allocation? How will
performance against the budgeted allocation(s) eventually be verified?

Have multiple candidate GN&C architectures been defined and developed? Have all
architectural trade studies been identifed and conducted? What process, criteria, and
measures of effectiveness were used to assess and evaluate these competing GN&C
architectures?

What is the conceptual basis and technical rationale for the overall GN&C architecture
selected? Which particular GN&C requirements drove the selection of this architecture?

Has the GN&C architectural definition team carefully considered the use of the algorithms,
software, and actuator/sensor types previously flown on missions with similar objectives and
performance/reliability requirements?

What process was used to select the type, size and number of the GN&C sensor and actuator
hardware components? Similarly, how were the GN&C algorithms and flight/ground
software elements selected?

Was the selection of the GN&C navigation and attitude sensor suite based upon performance
requirements as well as the need for diversity of sensors in order to provide the capability to
identify and eliminate faulty sensors?

Have any and all single-point failures in the selected GN&C architecture been identified and
documented? Is there an established process for the comprehensive consideration of the
single-point failures? If so, does this process require an examination of risk mitigation
approaches and does it provide a risk acceptance rationale?

Has an assessment been performed of how well the GN&C candidate flight hardware can
perform/operate/survive in the prescribed envelope of planned spacecraft flight environments
(thermal, vibration, radiation) and operational regime (rates, acceleration, precision /
accuracy)?

During the GN&C architectural development process, what considerations have been given
to the degree of difficulty in GN&C subsystem hardware/software integration, testing, and
flight operations?

How will the crew interact with the GN&C? What kind of hand controls and displays will
they need? If need be, will the GN&C architecture allow the spacecraft to be “pilotable” by a
single crewmember?

Does the GN&C architecture employ sensors and actuator hardware common to other space
based elements of the overall Exploration architecture?

How does the selected GN&C architecture accommodate the requirements for multi-vehicle
interaction? How is it envisioned that the spacecraft’s GN&C will interact/interface with the
GN&C subsystems of other spacecraft when mated? Does the spacecraft GN&C architecture
include provisions for command/telemetry/data interfaces to allow the use of GN&C sensors
and actuators on other vehicles during mated operations?
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16.

17.

18.

19.

20.

21.

22,

23.

24,

25.

26.

If the GN&C architecture is to employ a diverse set of sensor/actuator components, in order
to provide functional redundancy, has an estimate been made of the total resources that will
be needed to source/procure, qualify, test and integrate all these components?

Does the GN&C architecture permit navigation strategies that rely on diverse inputs
including those from inertial sensors, optical sensors, the crew and the ground?

Does the selected GN&C architecture recognize and compensate for the fact that GN&C
sensor/actuator components are subject not only to failure and malfunction, but also
degradation over the mission life? What assumptions have been made regarding
sensor/actuator degradation? How have these degradation assumptions affected the design
and capability of the FDIR elements of the GN&C architecture? How have these degradation
assumptions affected contingency planning?

Has an abort/safe haven strategy been formulated that is compatible with the selected GN&C
architecture? What provisions in the selected architecture provide a GN&C backup capability
that keeps the crew “safe” should the primary systems fail or become temporarily
unavailable? What are the abort modes, and how does the GN&C architecture support their
operation? Does the selected GN&C architecture provide a safe haven attitude control mode
capability?

Does the selected GN&C architecture provide the crew with a completely independent
implementation of all critical GN&C functions? If so, can these independent GN&C
functions be enabled manually if necessary?

To what extent has the crew had involvement in the architectural definition of the human-
rated spacecraft’s GN&C system, especially in the area of the GN&C/Human interactions
such as displays and hand controllers?

How sensitive/vulnerable is the GN&C architecture to faults, degradations, and failures in
other spacecraft subsystems to which it is coupled and reliant upon?

How will the GN&C sensors and actuators be physically accommodated in the spacecraft?
Do all GN&C RF/optical navigation sensors have suitable unblocked fields of view? Are
there requirements to co-locate certain GN&C components (e.g., inertial sensors and optical
sensors)?

Is in-flight servicing to be performed? Which specific GN&C components should be
serviceable? Are there physical accessibility requirements in order for the crew to perform
on-orbit servicing of GN&C components from inside the spacecraft (e.g., swap-out of an
IMU)?

How reconfigurable will the system be? Will the crew have the operational flexibility to “mix
and match” the available GN&C sensors and actuators?

What provisions are included in the GN&C architecture for upgradeability? Are simple,
standard interfaces employed to directly support, and make practical, upgradeability? Keep in
mind that subsystem modularity alone is a necessary condition for upgradeability but is not a
sufficient condition.
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GN&.C Best Practice #2

Search out, identify, and define all the interdisciplinary interactions and relationships that
exist between the GN&C subsystem and other spacecraft subsystems.

Discussion:

An extremely important role of the GN&C System Engineer is the communication and
coordination with other spacecraft subsystem leads. Experience has shown that neglecting,
ignoring, over-simplifying, or overlooking the critical need for compatible design interactions
between the GN&C subsystem and the other spacecraft subsystems can lead to mission mishaps
and/or failures. The GN&C SE needs to fully understand and appreciate the GN&C subsystem’s
relationship and interactions (in all forms) with the other spacecraft subsystems. All such
relationships and interactions should be rigorously documented. Specific cases where the lack of
full understanding and proper treatment of these relationships has led to failure or mishap include
the TIMED and DART missions. See Tables 1.4-1 and 1.4-2 in Section 1.4 for common
interactions between GN&C and other subsystems.

Uncertainties and ambiguities in the interfaces between payload subsystems and the spacecraft
GN&C subsystem, on some robotic spacecraft, have not compromised the reliability of the
GN&C, but have compromised the ability of the observatory to actually meet the desired
pointing requirements.

The GN&C subsystem lead needs to fully define, through negotiations with other subsystem
leads, and formally document the following:

1. A summary description/schedule of those products that the GN&C subsystem lead needs to
deliver to either the other spacecraft subsystem leads for their use in their subsystem-level
design process or to the spacecraft systems engineering lead. Those products may include
GN&C trade study results, requirements documents, interface control documents (ICD)s,
error budgets, data/signal flow charts and block diagrams, work plans and schedules,
technical memos, reliability analyses, fault trees, failure modes and effects analyses, test
procedures, test reports, analytical procedures, analytical model interface requirements,
analytical models, testbed and/or lab requirements, test article requirements, algorithm
definitions, software builds, electrical harness diagrams, etc.

2. A summary description/schedule of those products/documents the GN&C subsystem lead
expects to receive from either the other subsystem leads or from the spacecraft systems
engineering lead to be used in the GN&C design process.

3. Mission and/or Lesson Learned Linkages:
Appendix A: TIMED, DART

59




Relevant Questions:

1.

Have all the interfaces and interactions between the GN&C subsystem and all the other
spacecraft subsystems been clearly defined and documented? For example, has it been
determined whether the GN&C subsystem will be responsible for controlling
steerable/pointable spacecraft appendages such as communications antennas and solar
arrays?

Have all the uncertainties and ambiguities, as well as the specific hardware/software faults,
degradations, and failures, in other spacecraft subsystems that will affect the GN&C
subsystem been identified? Has the potential impact of these been factored into the overall
GN&C risk posture?

Have lists of GN&C products/documents, both deliverables and receivables, been generated?
How were they developed? What technical interaction occurred to formulate these lists? How
does one know the lists are comprehensive?

Are there formalized “agreements” or “commitments” in place between the individual
subsystem leads (and between the subsystem leads and the systems engineering lead) to
ensure the required products deliveries occur on time/within budget in both directions?

Have all the listed GN&C product deliveries been costed and budgeted by the project?

Has the entire necessary infrastructure (i.e., computer-based tools, engineering test unit
hardware, testbeds, dynamic models, etc) been identified and costed and budgeted to support
the generation and delivery of all the listed GN&C products?

Has an integrated schedule of all subsystem product deliverables and receivables been
developed? If so, has a product delivery critical path analysis been performed? Is the relative
phasing of products acceptable? For example, will the necessary detailed mass properties
information be delivered to the GN&C team in time to allow for sufficient stability and
controllability performance analysis? Are any GN&C subsystem product deliverables and
receivables on the critical path? What steps have been taken to eliminate/mitigate schedule
conflicts for the GN&C team?
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GN&.C Best Practice #3

Ensure that a comprehensive abort/safe haven strategy has been formulated, and that abort
and/or safe haven functional capabilities are implemented, for all mission phases.

Discussion:

The fundamental difference between the GN&C design of crewed spacecraft and that for robotic
spacecraft is that the presence of humans on-board necessitates the means to be able to safely
return them to Earth. Safety of the crew is of paramount importance.

The GN&C system is designed to operate under routine (nominal plus reasonable uncertainty
factors) flight conditions. However, the GN&C system design and capabilities must also function
to ensure the safety of the crew under the extreme flight conditions when severe spacecraft (and
launch vehicle) system degradations, malfunctions and failures occur.

Robotic spacecraft GN&C designs do not typically have abort modes of operation. A GN&C
system for a robotic spacecraft however will typically include one or more safe haven modes that
provide a power-positive, thermally safe, form of backup attitude control to be entered in the
event of a spacecraft emergencies. A safe haven mode implementation should be as simple as
practical, employing the minimum hardware set required to maintain a safe spacecraft attitude.

To be more specific a safe haven mode (also often referred to as a “safe hold mode,” or SHM) is
a temporary state of minimized spacecraft operations that is transitioned into as a result of an
autonomously irreconcilable spacecraft fault or failure. While in this safe haven mode all mission
payload operations are suspended and, if necessary, instrument/sensor optical protections are
enabled. The vehicle is configured for sufficient solar array power collection to support minimal
spacecraft power consumption which is accomplished through load shedding steps. Adequate
thermal control is also performed to ensure spacecraft components remain in a healthy state. In
addition a spacecraft command and telemetry communications link is maintained to support the
resolution of the spacecraft fault or failure. This communications path might very well be a low
data rate link but it should be sufficient to re-establish normal spacecraft and payload operations.
Prior to launch, a decision should be made as to whether or not to test the safe haven mode(s) in-
flight. A rigorous risk/benefit assessment should be performed to support that decision regarding
the in-flight safe haven test.

Crewed spacecraft would likely benefit from having safe haven modes of operation in addition to
a comprehensive set of abort mode capabilities. For example, it would be prudent to have a safe
haven attitude control mode in place for those periods of the flight where the crew is not
providing continuous watch. This safe haven capability might be particularly useful on missions
to the Moon, and certainly to Mars, where there will be a long-endurance cruise phase.

An abort strategy must be formulated to drive the actions to be taken to remove the spacecraft
(with its crew) from an intolerably un-safe and possibly hazardous dynamic state. This un-safe
condition could arise from many different problems that span the entire mission envelope. A
launch vehicle propulsion system problem will, after the extension of all possible pre-Abort
options, trigger an abort. Likewise, during rendezvous operations, the determination that the
chaser spacecraft is on a collision course with the target spacecraft should also trigger an abort.
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Aborts during launch and ascent will prematurely terminate the mission in order to return the
crew safely to Earth. There could possibly be abort scenarios where the mission is continued but
with highly altered and much less ambitious objectives than were originally planned. In other
cases, an abort could result in the spacecraft being temporarily placed in a safe haven mode. For
example, an abort during the terminal phases of a rendezvous could trigger an orbital maneuver
to enter a safe collision-free orbit and then place the spacecraft in a safe state.

Safe haven modes independently and reliably place the spacecraft in a safe state to allow the
crew (and ground if a communications link is open) a reasonable amount time to diagnose and
troubleshoot in-flight problems.

Abort planning, and the definition of specific abort modes, is a daunting and complex systems
engineering responsibility. The development of an effective, affordable, and implementable abort
strategy is especially complex because of the myriad of potential mission contingencies that
should be identified and evaluated [ref. 32]. The abort strategy will be heavily influenced by the
spacecraft GN&C architecture, design features and performance capabilities. Conversely, as the
requirements for certain abort capabilities are refined they may drive changes to existing GN&C
architectures, design features, and capabilities. The actual implementation of abort mode
functionality will most likely be accomplished with a combination of flight hardware
subsystems/components and on-board autonomous software.

Abort planning will first consider those phases of the mission where risk levels are the highest.
For NASA human rated crewed spacecraft, these high-risk phases occur at the beginning and the
end of each mission. That is to say they occur during the launch event itself (booster ignition),
during the powered flight ascent trajectory into the mission initial orbit about Earth, and during
the EDL phase of the mission. These are also the phases of the mission where the time-constants
of the system dynamics are so short (relative to human detection/reaction times) that extensive
on-board human intervention by the crew is precluded. This is the principle driver for employing
on-board autonomous “abort manager” software to rapidly detect an anomalous condition during
launch, ascent and/or the EDL phases and take steps to either resolve the anomaly (e.g., by
swapping out a “bad IMU for a “good” IMU) or to trigger the initialization of a pre-planned
abort mode.

The crew should nominally have a combination of information from the ground operations team
and on-board GN&C information displays for situational awareness allowing them to monitor
transition through various pre-defined abort regimes and, if necessary to supervise an unfolding
abort condition.

For example, on the Shuttle, the flight crew selects the abort mode by positioning an abort mode
switch in the cockpit and depressing an abort push button. The Shuttle Mission Control Center
(MCC) is prime for calling for any abort because it has a more precise knowledge of the
Orbiter’s position and velocity than the crew can obtain from onboard systems. Before Main
Engine CutOff, the MCC makes periodic calls to the crew to tell them which abort mode is (or is
not) available to them. If during ascent communications with the MCC are lost, the flight crew
has onboard methods, such as cue cards, dedicated displays, and display information, to
determine the current abort region. Note that as part of the Shuttle Cockpit Avionics Upgrade
effort, new algorithms and displays were developed for the Shuttle Abort Flight Management
application.
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Abort planning should cover a wide range of potential system degradation, malfunctions, and
failures. Anomalous conditions such as launch vehicle engine failures, engine under-
performance, propellant tank leakage, crew cabin pressure leakage, loss of electrical power, loss
of vehicle cooling, etc. are typically considered when doing abort planning. A detailed risk
assessment analysis should be used to guide this abort planning work. The number, type, and
order of abort modes will be driven by several factors, such as:

The type of failure.

The failure probability of occurrence.

The impact to system operation/performance if the failure does occur.

The time range over which the failure can occur (along with the understanding of specifically
when in that range it is most likely to occur).

The abort planning process should also clearly define the order of preference for the various
abort modes. In cases where performance loss is the only factor, the abort mode chosen is the
highest one that can be completed with the remaining vehicle performance capability. The abort
mode selected depends on the cause and timing of the failure(s) and which abort mode is likely
to be the safest.

Good spacecraft engineering practice would dictate the consideration of a safe haven attitude
control mode to be entered in spacecraft emergencies. A safe haven attitude control mode is
independent of the spacecraft’s primary mode of attitude control. Its primary purpose is to rate
stabilize the spacecraft by damping angular velocities rates to within pre-set limits. Secondary
purposes are to stabilize the attitude of the spacecraft in a power-safe and thermal-safe
orientation that allows communications with the ground operations to be re-established.

It is mandatory that the safe haven mode should behave very predictably while minimizing its
demands on the rest of the spacecraft. This facilitates the survival, diagnosis, and recovery of the
larger spacecraft system. The GN&C equipment used to implement this safe haven function
should be separate from the equipment used by the primary spacecraft attitude control system.
The safe haven mode equipment could be entirely independent from the primary mode
equipment or may be the redundant side of a dual-redundant primary component. The safe haven
attitude controller (i.e., the control law logic) may be either hosted on a dedicated standalone,
possibly dissimilar, safe haven processor or hosted in a redundant primary flight computer.

The safe haven mode design must take into account the spacecraft thermal design, structural
design including array orientation and mass properties, and attitude control electronics design.
The safe haven is driven by the GN&C subsystem, but clearly is a spacecraft system-level issue.

Mission and/or Lesson Learned Linkages:

e Appendix A: Lewis

e Aerospace LL #35, 36

e GSFC GOLD Rule #1.17
e Reference 32

Relevant Questions:

1. What are the abort strategies for the various phases of the mission such as ascent, LEO
cruise, trans-lunar injection, lunar cruise, lunar orbit injection, lunar landing, lunar
rendezvous, and entry?
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2. Does the GN&C subsystem design include provisions for a safe haven attitude control mode
that will autonomously (i.e., based upon pre-defined dynamic conditions and without ground
interaction) activate upon the diagnosis of a spacecraft emergency?

3. Do both the GN&C requirements document and the mission concept of operations documents
include detailed information concerning abort scenarios and the safe haven modes?

4. Can the safe haven mode be manually commanded by the crew if necessary?

Is the safe haven mode implementation as simple as practical, employing the minimum
hardware set required to maintain a safe spacecraft attitude?

6. How will the GN&C recover from a loss of control/lost in space condition? Will the recovery
require support from the ground or will the GN&C recover in a completely on-board cold-
start manner? If on-orbit, will it be completely automatic or will the crew need to take
action?

7. What is the operational concept for “powering on” from a cold start condition and initializing
the GN&C subsystem? Is it a deterministic procedure/process or not? How long does it take
to power on, initialize and bring “online” the GN&C subsystem? Likewise what is the
operational concept for placing the GN&C subsystem into a standby (power saving) mode?
How long does it take to bring the GN&C back online from standby mode?

8. Has the GN&C hardware & software configuration for safe haven mode been identified?
9. Are passive abort schemes employed wherever feasible, especially during rendezvous?

10. What attitude control electronics (processor and bus) are available for safe haven control
algorithm implementation? How independent are these attitude control electronics from the
primary mode equipment?

11. What sensors will be used for the safe haven mode?

12. Has a detailed safe haven mode design been established including entry/exit criteria and the
associated fault management requirements on FSW?

13. Subsequent to its activation, will the safe haven mode require crew and/or ground
intervention for continued safe operation? How long can the spacecraft operate in the safe
haven mode without the need for crew or ground interaction? What are the constraints
driving the need for such interaction by the crew or ground?

14. Has the contractor demonstrated, via a FMEA approach or similar type analysis, that no
single credible fault can both trigger safe haven entry and cause safe haven failure?

15. For safe haven, can passive stability (via a slow spin about the maximum moment of inertia
axis or via gravity gradient) be used to stabilize the spacecraft in a thermal and power safe
mode?

16. What safe haven attitudes are acceptable for thermal, power, and communications safety?

17. Has the performance of safe haven attitude controller (control law logic) been analyzed and
verified in the HITL test environment?

18. Have proper safe haven mode transitions been verified in HITL testing?
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19. Have safe haven recovery procedures been developed and validated during mission
simulations?

20. Will the safe haven mode be tested on-orbit? Has a rigorous risk assessment been performed
to support a Project-level decision as to whether or not to perform an on-orbit safe haven
test? What is the rationale for (or against) an on-orbit safe haven test?
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GN&.C Best Practice #4

Host mission-critical GN&C FSW processing functions on a spacecraft processor with
sufficient computational power and assign sufficient processing priority to execute at the
necessary frequency established by analysis.

Discussion:

In virtually all spacecraft, the reliable real-time execution of GN&C FSW on a digital flight
computer is an absolute requirement for mission success. In most applications, the GN&C sensor
measurement data are acquired and processed on a cyclical basis. These sensor-processing
algorithms are mode-dependent and are used to compute the spacecraft’s dynamic state. Sensor
data is processed by controller algorithms to compute actuator commands, which are then output
cyclically to force and torque producing devices. In addition, GN&C FDIR processing must be
performed, as well as the GN&C command/telemetry processing functions. All these GN&C
real-time software tasks must be scheduled and performed flawlessly at the prescribed cyclic
frequencies established by analysis for each mode of operation.

A digital computer, along with its real-time operating system, must be carefully selected by the
GN&C developer to adequately perform the scheduling and execution of GN&C processing
tasks in such a way that the demanding flight safety critical timing requirements are reliably met
with margin. Flight safety critical “hard real-time” processing systems, such as a spacecraft’s
GN&C system, are different from other processing systems because a failure to satisfy timing
requirements may have unacceptable consequences for the mission. These hard real-time systems
operate in an environment that has stringent safety and response time constraints.

The result of missing a deadline imposed on a GN&C task execution may be catastrophic. For
this reason, there should be a great emphasis early in the design stage on the selection of a digital
computer, and its real-time operating system, that can satisfy GN&C processing requirements
with demonstrable margin.

A relevant example of this occurred during powered descent of the Apollo 11 LM. A guidance
computer related problem occurred that threatened the success of the landing. A previously
encountered, but uncorrected, problem in the Apollo 11 LM’s rendezvous radar computer
interface stole approximately 13% of the computer’s duty cycle, resulting in five program alarms
and software restarts. The guidance computer had become overloaded and it had more work to
perform than processing capability. Reference 33 discusses the root cause for this situation in the
context of the operating system for the Apollo flight computers.

Mission and/or Lesson Learned Linkages:
Reference 33
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Relevant Questions:

1.

10.

11.

12.

13.

What is the estimated GN&C FSW processing computer code, data, and throughput
requirement?

How will the required GN&C computational power and processing priority be ensured early
on within the avionics architectural framework development? When, where, and how will
these GN&C computational power and processing priority requirements be addressed
throughout the DDT&E process?

What is the performance of the computer hosting the GN&C FSW? What is the rationale for
the selection of the computer that will perform the GN&C FSW processing functions? What
is that computer’s spaceflight heritage? What real-time operating system will be employed
and what is its spaceflight heritage?

Does the GN&C subsystem developer have familiarity with the computer and real-time
operating system selected for GN&C processing?

Does the GN&C subsystem developer have familiarity with the associated software
development and test tools?

What are the current estimated margins for GN&C code, data, and throughput? What are
these margins predicted to be at PDR, CDR, PER, and at launch?

Have minimum acceptable thresholds been set for GN&C code, data, and throughput
margins?

What are the contractor’s corrective action and risk mitigation plans when GN&C FSW
margins deviate from the plan?

Will GN&C FSW processing functions be performed on a computer solely dedicated to the
GN&C subsystem?

Will GN&C FSW processing functions be performed on a general-purpose computer that is
to be shared between spacecraft subsystems?

Does the selected GN&C computer, and associated avionic elements for data transfer, satisfy
the GN&C sensor sampling/actuator commanding rate and data latency requirements
established by analysis under both nominal and stressed conditions?

During testing has the worst case execution time of each GN&C mode been determined and
analyzed? If the computer is shared per Question 10 above, how are the worst case
requirements/interactions for the other processes emulated/simulated during test?

Have on-orbit GN&C FSW maintenance plans and procedures been developed? Will there be
a dedicated testbed facility for on-orbit FSW maintenance and support functions? What
capability will there be to implement on-orbit code patches?
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GN&.C Best Practice #5

Ensure that autonomous GN&C fault management is independent of all hardware and
software that might be involved in either causing or diagnosing a fault.

Discussion:

The spacecraft should have an independent safe haven attitude control mode to be entered in
spacecraft emergencies. Safe haven mode should behave very predictably using components that
are completely independent of those used to diagnose the fault. The same sensor (e.g., a
gyroscope) cannot be relied upon to monitor the performance of a control loop if it is also used
as an element of that control loop. Correct diagnosis is more certain when a diverse set of
dissimilar hardware and/or software is used to perform FDIR.

The fault management system (particularly the software) can be a source of single-point failures.
Inaccurate situation awareness can lead to wrong disposition. For example, faulty sensor data
may create a phantom problem and spoof the fault management system into taking precipitous
actions such as resets. Resets must be managed with care to avoid the possibility of becoming
trapped in an endless cycle of resets. In addition, a reset during anomalous conditions may reset
relays into a dangerous state. Safe hold should ensure that fault protection takes proper action
regardless of spacecraft state.

In general, if a fault is detected that may have been caused by a control actuator, then that
actuator should be disabled and a functionally redundant actuator substituted for it. For example,
if the reaction wheels fail to control attitude then a backup set of thrusters might be used in their
place. However, special care must be exercised if a fault is detected during thrusting operations.
Any thrusters that may have been involved in causing the fault must be disabled. Fault responses
should not be allowed to interrupt critical activities such as Delta VV maneuvers. In this particular
case, a redundant set of thrusters may be required.

Mission and/or Lesson Learned Linkages:

Appendix A: Mars Observer, Voyager, FUSE, ERBS, Lewis
Aerospace LL #18, 35, 36

GSFC GOLD Rule #1.17

NASA LLIS #0343, 0345, 0403, 0409, 0625

Relevant Questions:

1. Can asingle credible fault (e.g., a failed gyroscope) trigger safe haven entry and then cause
safe haven failure?

2. Inthe event of a fault, will the satellite autonomous management system and the ground
controller be provided with correct information? Does safe haven require ground
intervention?

3. Can a momentary wiring short in the bus reset all relays into an undesired configuration at
any time in the mission? Is the system designed to revert to “last known good state”?

4. Does the fault management design consider all operational possibilities such as solar array
mispointing, engine abort, or eclipse transient?
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Will the fault correction software execute if there is a major anomaly such as a computer
freeze?

Will the fault management system be tested on the flight spacecraft before launch?

Is the fault management system enabled only in those mission phases where it serves a useful
purpose?

. What are the safety positive interlocks in the architecture for inhibiting thruster firings during
prescribed “no fire” periods (e.g., during EVAs or during fault diagnosis periods)?

. What are the system requirements and design drivers that establish the time constraints on
entry into safe haven and the maximum time period that safe haven can be maintained?
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GN&.C Best Practice #6

Establish and flow down the higher level of GN&C requirements necessary for a multi-vehicle
system of spacecraft that must safely interact during the rendezvous, proximity operations,
docking/undocking, and/or mated operational mission phases.

Discussion:

The hardware and software implementation of a rendezvous capability must be seamlessly
architected, integrated, and coordinated between two or more interacting spacecraft GN&C
subsystems. The requirements for the individual spacecraft GN&C systems should flow down
from the overriding requirements for the coordinated guidance, navigation, and control of the
interacting spacecraft.

The requirements, components, algorithms, operational methods and fundamental dynamics of
the rendezvous, proximity operations, docking/undocking, and mated operational phases of the
mission must be carefully factored into the GN&C architecture as early as possible in the
DDT&E process. This is necessary to avoid potential operational complexity, inefficient use of
ground system and spacecraft resources, spacecraft collisions while docking or undocking,
control system interactions, loss of control authority, and/or dynamic instabilities of mated
(stacked) spacecraft configurations.

Due to different inertia properties, control system bandwidth, and pointing requirements
following rendezvous and docking the control authority required for the stacked configuration
will not necessarily be compatible with that which is required for the individual spacecraft. The
effect of stack flexibility on stability may become the dominant design driver if it is necessary to
use actuators and/or sensors that are located on different spacecraft modules to control the
attitude of the stacked system.

Mission and/or Lesson Learned Linkages:

e Appendix A: DART, MIR, SOYUZ
e GSFC GOLD Rule #1.01

Relevant Questions:

1. Is the rendezvous trajectory passively safe so that collision avoidance is intrinsic in the event
of a sensor, computer, or thruster failure?

2. Does the closing trajectory accommodate dispersions in range, range rate, and cross-track?
What is the sensitivity of consumable allocation and the timeline for rendezvous and docking
to variations in the dispersions?

3. Is there a seamless transition between autonomous and astronaut control during rendezvous,
docking, and proximity operations?

4. Does the GN&C mechanization accommodate astronaut commands that are intuitively based
on the human perception of LOS data?

5. How will the individual spacecraft GN&C subsystems interface and interact with each other
when mated in a stack?
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6.

10.
11.
12.

Does the spacecraft GN&C architecture require the inclusion of command, data, and
telemetry interfaces to allow the use of GN&C sensors and actuators on different modules
while mated?

How well will the rigid body mass properties and modal frequencies of the stacked
configurations be known in advance and how sensitive is the GN&C system to parameter
variations?

How adaptive is the GN&C attitude/momentum control system? Is there a provision for a
composite (i.e., stacked module configuration) mass properties estimator?

Has an analysis of degraded rendezvous sensor functionality and maximum design condition
variations been performed and not just an evaluation of complete loss of sensor
functionality?

Has a minimum fault tolerance level been established for the rendezvous vehicles?
Is an independent collision avoidance sensor employed on the rendezvous spacecraft?

Do the specifications for the rendezvous spacecraft contain detailed fault detection, isolation,
and recovery requirements?
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GN&C Best Practice #7

Critically evaluate redundancy with identical GN&C hardware components to ensure that the
net effect is an overall increase, rather than a decrease, in system reliability. Always keep in
mind that redundancy inherently adds complexity.

Discussion:

Hardware redundancy is used to tolerate hardware failures. However, redundancy is not always
desirable in terms of GN&C fault management. If the primary and redundant units share the
same current feed, software, or processor, one flaw in the primary component can cause the
backup to fail in the same way. A redundant GN&C configuration using unproven components is
not a solution. Examples include the experience with the HEAO spacecraft six-gyroscope
configuration that experienced failure of all six gyroscopes, and the Hubble Space Telescope,
which required several on-orbit gyroscope package replacements.

Only design diversity can mitigate design errors. Diversity uses redundant, dissimilar hardware
and/or software and a method to establish which is working correctly. Hardware redundancy
does not necessarily protect against software faults. Redundancy of function by a different
implementation may provide safer fault management than redundancy with identical
implementation.

When designing redundancies into systems, consider the use of nonidentical approaches for
backup, alternate, and redundant items. A fundamental design deficiency can exist in both the
prime and backup system if they are identical. For example, the rate gyroscopes in the Skylab
attitude control system were completely redundant systems, i.e., six rate gyroscopes were
available, two in each axis. However, the heater elements on all gyroscopes were identical and
had the same failure mode. Thus, there was no true redundancy and a separate set of gyroscopes
had to be sent up on Skylab 4 for an in-flight replacement.

Mission and/or Lesson Learned Linkages:

Appendix A: Mars Observer, Voyager, FUSE, ERBS, Lewis
Aerospace LL #18, 35, 36

GSFC GOLD Rule #1.17

NASA LLIS #0343, 0345, 0403, 0409, 0625

Relevant Questions:

1. Has the use of diverse GN&C components, to provide functional redundancy in the
architecture, been traded against the resources that will be needed to source/procure, qualify,
test and integrate these additional components?

2. Does the use of diverse GN&C components, to provide functional redundancy, degrade
performance? If it does, is the degradation acceptable?

3. Does switching between redundant units ensure a safe transfer for all credible failure paths
(e.g., parts failure, start-up transients, latch-up, overvoltage, and electromagnetic interference
(EMI), software endless looping)?
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GN&.C Best Practice #8

Evaluate all heritage hardware and software elements in the GN&C architecture in light of
potential differences in build, flight configuration, mission application, flight operating
environment, and design/operations teams.

Discussion:

Heritage equipment fielded in an orbital spacecraft mission or aircraft application may not be
applicable for use in a crewed vehicle, especially one envisioned for a Lunar or Mars venture.
The capabilities may not be consistent with the flight requirements and operational modes. Any
operating environment differences are likely to have serious implications. Their implementation
in a fail-operational architecture may not be possible or may be complex with vulnerabilities. In
the case of the Shuttle Orbiter, the original selection of the inertial system was derived from the
heritage experience of the KT-70 system fielded in tactical aircraft applications. Incompatibilities
in equipment capabilities and environmental provisioning required extensive redesign resulting
in essentially a customized configuration called HAINS, or High Accuracy Inertial Navigation
System.

In some applications, the use of a tactical GPS selection was inconsistent with space
environment conditions and software limits on the velocity range and codes, etc. were realized
only after commitment to a component. The initial selection of the Shuttle computer based on the
tactical “4-pi Processor” resulted in initial reliability problems and limitations in the fault
tolerant implementation. Reliability and memory limitations led to an upgrade to an AP101S in
later Shuttle usage. Changes introduced to meet performance operational requirements have to be
fully validated to assure that reliability objectives are met. More intense analysis and test may
have resulted in a different component selection or demonstration of satisfactory change
achievement and reliability at lower cost before commitment to the heritage unit.

Any change in the application of previously developed hardware, software, or operational
procedures may require a certain amount of redesign to ensure proper functionality in the new
circumstances. For example, fault management circuits may need to be redesigned because when
a heritage unit is scaled up, key parameters such as start-up current and rise time may change.
Some changes may require complete re-qualification of the heritage component or process.

Design upgrades made while an old unit sat on the shelf should be considered if an old unit is
being re-commissioned for flight. It is not sufficient for the replacement parts or units to merely
meet lot acceptance specifications. Component qualification must be based on sufficient
engineering data. That a few items worked is not sufficient—statistical data may be required to
show margin of safety.

Removal of obsolete portions of the code should be considered if legacy software is being
reused. Software reuse should be thoroughly analyzed to ensure suitability in a new environment,
and all associated documentation, especially assumptions, should be reexamined. Extensive
testing, including software loop and path testing, should be performed at every level, from unit
through system test, using realistic operational and exception scenarios.

Ariane Flight 501, which took place on June 4, 1996, was the first test flight of the Ariane 5
expendable launch system. As described in reference 38, it resulted in a complete failure. Due to
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a malfunction in the flight control software the rocket veered off its flight path 37 seconds after
launch. It was torn apart by high aerodynamic forces caused by excessive TVC commands from
the launch vehicle’s onboard flight computer. The breakup caused the loss of the payload: four
Cluster mission spacecraft, resulting in a loss of more than $370 million. The Ariane 5 software
reused the specifications from the Ariane 4, but the Ariane 5’s flight path was considerably
different and beyond the range for which the reused code had been designed. Specifically, the
Ariane 5’s greater acceleration caused the backup and primary inertial guidance computers to
crash, after which the launcher’s nozzles were directed by spurious data. The inertial reference
system of Ariane 5 is essentially common to a system that flew on Ariane 4. The part of the
software that caused the interruption in the inertial guidance system computers is used before
launch to align the inertial reference system and also, in Ariane 4, to enable a rapid realignment
of the system in case of a late hold in the countdown. This realignment function, which served no
purpose on Ariane 5, was nevertheless retained for commonality reasons and allowed, as in
Ariane 4, to operate for approximately 40 seconds after lift-off. Pre-flight tests had never been
performed on the re-alignment code under simulated Ariane 5 flight trajectory conditions, so this
software reuse error was not discovered before launch.

Mission and/or Lesson Learned Linkages:

Appendix A: Landsat-6, Genesis, Lewis
Aerospace LL #87, 95

NASA LLIS #0310, 0625, 1370
Reference 38

Relevant Questions:

1. Has a heritage review been conducted to assess and document how the requirements,
environments, lifetime of the present mission, compare to capability of the heritage hardware
and software?

Have all heritage equipment test and flight anomalies been resolved?
Have catastrophic failures that involved similar technologies been reviewed?
Have replacement materials and parts used in heritage equipment been fully qualified?

Is the heritage hardware being assembled in exactly the same manner as the original or is it
being built to print by some other process that may not be the equivalent of the original?

6. What is the requalification plan and process if the original hardware or software is being
reused?

7. Under anomalous circumstances, is it possible for obsolete segments of legacy code to be
executed?

o~ w

8. Has the “heritage” of the unit being considered been analyzed for relevancy to the current
mission application, especially in terms of the operating environment, parts, life, and intrinsic
characteristics?
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GN&.C Best Practice #9

Make certain that new GN&C technology is well qualified. It must have sufficient statistics
to show an acceptable safety margin, and flight-proven alternatives must be identified.

Discussion:

Emerging GN&C technology has the potential to allow space missions to be performed more
affordably, safely, reliably, effectively, and in new operational regimes. This technology
promises either to provide GN&C performance previously unattainable, or to provide the same
level of performance with fewer resources than previously required.

Currently there are multiple GN&C related items in the technology pipeline (e.g., MEMS inertial
sensors) at various levels of TRL maturity. However, there are very limited flight opportunities
for any of these GN&C technologies to be validated on-orbit. It can be assumed that any
technology assessed to be at a state less than TRL 7 (i.e., Prototype Demonstrated in Space
Environment) will require significant funding and schedule resources to attain “flight qualified”
status. Inclusion of emerging GN&C technologies (any item objectively evaluated to have a TRL
less than 7) should be carefully considered, justified with a strong engineering rationale for its
infusion, and carefully planned.

An example of this in the GN&C arena was the premature adoption in the mid-to-late 1980s of
RLG technology as a substitute for the traditional spinning mass “iron”” mechanical gyroscopes
in some spacecraft attitude determination and control applications. The transition of the RLG
technology was based upon the favorable insertion and performance of the RLG technology in
inertial navigation systems for terrestrial, airborne, and marine military platforms. The point is
that when first infused into NASA space missions the RLGs were a non-space qualified
technology. RLGs had not attained TRL 7 (i.e., prototype demonstration in an operational
environment) in the space environment although it was in broad operational use (TRL 10) in the
aforementioned terrestrial, airborne, and marine applications. In retrospect, life tests and better
qualification may have prevented numerous on-orbit anomalies and failures with this RLG
technology [ref. 59].

Mission and/or Lesson Learned Linkages:
Reference 59
Relevant Questions:

1. What GN&C technologies, with TRL less than 7, have been considered and why? What
technology cost/risk/benefit trades have been performed?

2. What specific GN&C technologies have been incorporated into the GN&C baseline
architecture? What is the engineering rationale for their inclusion?

3. What is current TRL of each GN&C technology? What TRL is needed at PDR, and at CDR?
How much time is in the Project schedule to reach these maturity gates? What is the Delta-
TRL per project year metric for each technology being infused?

4. Has a GN&C Technology Development Plan been formulated?
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10.

11.

12.

13.

14.

15.

Have technology readiness gates and objective criteria been formulated to meaningfully
assess technology advancement, and have they been included in the GN&C Technology
Development Plan?

Is the GN&C architecture such that one new technology relies on another new technology in
order to achieve the desired flight performance?

What project resources have been allocated to permit infusions of GN&C technologies?
What assumptions has the prime contractor made in the rate of GN&C technology maturity?

What is the spacecraft prime contractor’s level of familiarity with each selected GN&C
technology?

Was the technology developed “in-house” by the prime contract or is it being secured from
an external source via sub-contract or partnership? What is the quality of the relationship
(both from a technical and from a business perspective) between the prime spacecraft
contractor and the GN&C technology provider? Have they successfully collaborated on
technology infusions in the past or not?

How is the technology development being funded: vendor is funding it out of IR&D, the
vendor has another government or commercial entity funding the development, another
NASA project or program is funding it, or it is being funded by the current project? How
much control does the project have over the funding, and what risk funding has been
planned?

Is the GN&C new technology dependent on the development of a flight-qualified component
by a third party (e.g., detector, processor, memory)? How much control does the project,
prime, or subcontractor have over this development?

Does the GN&C implementation plan include provisions for pre-planned higher-TRL (or
ideally, flight-proven) alternatives that addresses the risk posed by the failure of a baselined
low-TRL technology to mature consistent with the project schedule? Have both the GN&C
subsystem-level and the spacecraft system-impacts of reverting to these flight—proven
alternatives been assessed?

When the prescribed GN&C technology readiness gates are not met for critical technologies,
is the project prepared to cease development and implement preplanned alternatives in a
timely and efficient manner?

Have qualification criteria for a new technology been carefully researched to ensure that
there are not different measures of effectiveness and inherent new problems (e.g., helium
poisoning of hemispherical resonator gyroscopes) with the new technology?
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GN&C Best Practice #10

Adhere to a Design for Test philosophy: Consider the degree of difficulty of performing
ground validation testing and pre-flight calibration when evaluating candidate GN&C
subsystem architectures.

Discussion:

Design for test and the adequacy of the test capabilities often is an afterthought in design.
Involvement of the test engineers in the design process enables definition of needed data
interfaces and readouts that evidence both satisfactory operation and trending as well as failure
isolation and often failure prediction capabilities. Early definition of test requirements provides a
sound basis for test facility development and timely equipment readiness.

Making design provisions for test as an afterthought leaves uncertainties in function and
increases the difficulty of isolating a failure mechanism in an integrated system. Special one-of-
a-kind test configurations (e.g., break out boxes and digital waveform analyzers) implemented
during the validation testing phases may allow extensive data access but cannot (and should not)
be carried forward in the full-up system flight configuration. Similarly an over emphasis of the
hardware test point concept is difficult to be realized in a flight configuration and may be
undesirable. The Block I Apollo GN&C hardware configuration implemented extensive test
point connectors in the hardware elements and was only consistent with an ad-hoc debugging
process, which introduced possible failure modes. This cumbersome and risky method was
abandoned in the Block I1 flight hardware. Instead, Block I1 relied on availability of a telemetry
data stream and key performance indicators. In this improved Block Il design, sufficient data was
therefore made available and was safely buffered to support testing activities.

In summary, test planning and implementation consistent with the use of the flight system’s
telemetry downlink is most desirable for supporting both ground pre-launch checkout testing and
flight operations. Spacecraft telemetry systems should be designed to be configurable for high-
rate “every cycle” GN&C data capture and output for use in ground test verification and
troubleshooting.

Mission and/or Lesson Learned Linkages:
References 2, 3, 4
Relevant Questions:

1. Is the contractor planning to define GN&C test requirements and design/build the required
GN&C test facilities concurrently with design effort?

2. Is the contractor planning to use existing special purpose GN&C test facilities/equipment? If
so, have they been shown to be adequate, operational, and available, or has the contractor
planned resources to upgrade, retrofit, and calibrate the facilities/equipment?

3. s there evidence that GN&C test engineers are involved in the GN&C design process to
enable definition of needed data interfaces and readouts that will indicate both satisfactory
subsystem operation and trending as well as failure isolation?

4. Does the contractor plan for early definition of GN&C test requirements?
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10.

What is the basis and rationale for test facility development?

What evidence is there that the proper planning has been done to ensure timely test
equipment readiness?

Has there been an effort to minimize the need for non-flight GN&C special test equipment,
test fixtures and associated Ground Support Equipment (GSE)?

What GN&C testing can be performed at the fully integrated spacecraft level prior to
shipment to the launch processing facility at the launch site? What are the specific limitations
to GN&C testing at this point in the spacecraft development?

What GN&C testing can be performed at the launch processing facility? What are the
specific limitations to GN&C testing at this point in the spacecraft pre-launch processing?

If the fully tested flight ready GN&C subsystem hardware/software configuration is altered
what is the contractor’s approach for re-test?
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GN&C Best Practice #11

Define and document the coordinate frames and the system of units (and associated
conversion factors) that are to be employed, and rigorously enforce compliance.

Discussion:

The use of a common set of units and coordinate frames is necessary to prevent
miscommunication of technical information. The result of miscommunication can vary in
severity—from a delay in schedule to resolve any discrepancies to the cost of reworking ACS
components, or to (in the extreme) un-recoverable mission failures due to ACS design errors.

Two systems of units are in common usage in U.S. space programs: metric and English.
Individual groups, even within the same company, may use different systems of units because
they normally support different customers. The project-level SE is responsible for specifying a
consistent set of units that will be used throughout the project. The project SE may permit a
parameter to also be expressed in a second set of units inserted parenthetically after the standard
units, if doing so will improve understanding.

Similarly, a great number of coordinate reference frames that are used in the development of
space systems. Different disciplines will naturally use different reference frames for detailed
analyses of orbit mechanics, attitude control, launch loads, etc. Each of the discipline reference
frames must have a clearly defined origin of coordinates and orientation with respect to an
established standard.

It is sound engineering practice to generate and maintain a project-controlled document that
captures the following GN&C items:

e The system of units.

e Definition of all coordinate frames.

e Definition of attitude parameterization (e.g., an Euler angle sequence or quaternion
nomenclature).

e Definition of symbols for the GN&C variables and parameters.

e Mission-specific definitions for terms such as “ephemeris,” “bandwidth,” “pointing
accuracy,” “pointing stability,” “jitter,” “smear,” “products of inertia,” or “quaternion,” and
“targeting.”

e The identification of industry-standard models or databases to be used in analysis and/or

simulation (e.g., the JGM3 20x20 gravity model or the Harris Priester atmosphere with solar

diurnal bulge).

Definition of all time references, conventions, and epochs.

Definitions of the GN&C sensor and actuator coordinate frames.

Definition of all mission critical GN&C sensor, actuator, or other component alignments.

Definition of all sensor-to-actuator phasing.

Definition of all sign conventions, including definition of signs of products of inertia.

Error budgets for all GN&C mission modes.

Mission and/or Lesson Learned Linkages:

e Appendix A: MCO, AQUA
e Aerospace LL #60, 73, 80
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NASA LLIS #0641, 0692

Relevant Questions:

1.
2.

What document specifies the set of units and coordinate frames to be used on this project?

Are all of the groups that exchange information in inertial coordinate systems using the same
true of date, mean of date, or J2000 reference frames?

Is the transformation between the different discipline reference frames unambiguously
defined in terms of their relative orientation and locations of origin?

If dimensionless units are used (e.g., in software) are the normalizing factors identified with
their dimensions?

What prefixes are permitted for dimensions (e.g., can both centimeters and millimeters be
used)?

Is there a defined spacecraft time reference, or explicit set of time references, to be used for
the mission in question (e.g., UTC, UT1, GPS time, leap seconds)? Have all such time
references been documented?
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GN&C Best Practice #12

Ensure controller designs meet or exceed the following gain and phase margin stability
criteria as a function of GN&C design maturity.

Stability Margins:

. . Gain Phase
State of Design Maturity Margin Margin
Continuous analysis during preliminary design phase 12 dB 45°
CDR-level sampled data analysis with actual FSW 6 dB 30°
digital implementations and final flexible body models

Damping Ratio:

For the purpose of analysis and simulation of typically fastened (i.e., bolted or pinned) spacecraft
structures, the damping ratio of all flexible body modes shall be assumed to be no greater than
0.1% of critical damping unless analysis or test data demonstrate otherwise. However, for those
missions where high-precision spacecraft/instrument line-of-sight pointing is required and low-
amplitude jitter-causing vibrations are critically important, the damping ratio of all flexible body
modes shall be assumed to be no greater than 0.05%, unless analysis or test data demonstrate
otherwise. In extreme cases, such as ultra-low temperature cryogenic space platforms, the use of
a damping ratio in flexible body analyses of greater than 0.01% should be justified with test
and/or analysis data.

Gain Stabilization:

Control laws and loop compensation shall gain-stabilize all flexible-body modes, except in
special cases where gain-stabilization is shown to be a severe design driver. The peak amplitude
of each gain-stabilized flexible-body mode shall not exceed -12 dB in the control system open-
loop frequency response.

Phase Stabilization:

Flexible-body modes that do not meet the gain-stabilization requirement above shall have phase
margin of at least 60 deg over a modal frequency variation of £25%, with worst-case time delays
included.

Discussion:

The Gain Margin and Phase Margin indicate the degree of stability that a system possesses. The
gain margin is the change in open-loop gain that will cause the closed loop system to become
unstable. Similarly, the phase margin is the change in open-loop phase shift that will result in
instability of the closed loop system. Mathematically speaking, and as can be found in any
introductory textbook on feedback control theory, the gain margin is the amount of open-loop
gain change (usually expressed in dB) that will result in instability when the open-loop phase is
—180°. The phase margin (usually expressed in degrees) is the amount of open-loop phase lead or
lag that will result in instability when the open-loop gain is 0 dB.

The requirement on stability margins is imposed to guarantee stability of the control system in
the presence of uncertainty. The uncertainty decreases as the knowledge of the system and the
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sophistication of the analysis improves; this permits a reduction in the stability margin
requirements as the design matures.

Data latency in issuing commands to the control system actuators contributes phase lag to the
feedback control system that must be accounted for. In this regard, a good practice is to assume a
latency of one control computational cycle time interval unless it is known that the latency is
greater than one computational cycle. If this is the case, then round up the latency to the next
highest integer number of cycles.

A good design practice is that at CDR, the gain margin should be at least 6 dB and the phase
margin should be at least 30 deg. Typically by CDR, sampled data stability analysis has been
performed using actual FSW digital algorithms and the final flexible body models.

Controls-Structures Interaction:

Actual spaceflight experience has shown detrimental closed-loop coupling between the resonant
elastic modes (i.e., the flexible bending modes) of spacecraft structures and the feedback control
systems used to stabilize and orient the spacecraft. This is often referred to as the controls-
structures interaction (CSI) problem, and it occurs because spacecraft structures are both “light-
weighted” and composed of large flexible elements or appendages. For example, the Orbiter
experienced CSI issues with its Remote Manipulator System (RMS) robotic arm control system
used for Shuttle payload maneuvering. Undesired dynamic interaction between robotic arm, the
attached payload and the Orbiter’s thruster based Flight Control System (FCS) occurred due to
the easily excited, low-frequency and lightly damped flexible modes of the RMS structural
dynamics. The operational solution was to place limitations on the envelope of combined
RMS/FCS operations and to intentionally slow down RMS angular rates during payload
maneuvering operations [ref. 44].

There is a rich set of literature on the CSI problem; a few of the key references are captured as
references in this report. Reference 47 (Section 2.1) provides a tutorial-like introduction to the
fundamentals of CSI including a description of an iterative design and analysis process.
References 68 and 69 provide some informative Apollo-era perspectives on the effects of
structural flexibility on vehicle control system, from both the GN&C and Structures engineering
viewpoints. Reference 70 provides an excellent fundamental understanding of the CSI problem
as it applies to the design of complex spacecraft and pointing system servo loops, using the Jet
Propulsion Laboratory (JPL) Pathfinder gimbal pointer as an example application.

Because of uncertainty in the spacecraft structural model, a good design practice is that all
flexible modes must be gain-stabilized with a margin of 12 dB to avoid putting energy into the
flexible modes. This “flexible margin” requirement means that the resonant peaks of the open-
loop flexible modes must be small enough (12 dB is equivalent to a factor of 4) such that the
system is stable for any phase change at the flexible mode frequency. Gain stabilization is
usually realized through a combination of natural damping and by selecting the bandwidth of the
control loop sufficiently smaller than the first bending mode frequency. However, for lightly
damped systems, this approach may overly constrain the control loop bandwidth such that
pointing performance requirements cannot be met. In that event, the design engineer may resort
to phase-stabilization to actively damp out the flexible modes. Phase stabilization means
deliberately introducing enough phase lag such that the phase is far enough away from the -180
degree point so that the flexible mode will be stable for any gain.
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Proper and sufficient structural modeling plays a critical role in performing CSI analyses. The
spacecraft/flight system structural finite element model (FEM), typically developed by Structures
team and then delivered to GN&C team, will be used by the controls analyst to study and assess
flexible body effects on attitude controller stability. The level of FEM detail and maturity have
significant impact on the stability analysis. Structural design iteration with control design is not
uncommon, so one should plan for it. The controls analyst should also perform due diligence in
assessing the delivered FEM before using it in the controller stability analysis. Reference 67
provides a verification procedure for FEMs developed using the industry-standard
MSC/NASTRAN structural analysis tool.

When performing controller stability analysis, it is good practice to simultaneously vary the
frequency and the amplitude of all flexible modes due to uncertainty in the spacecraft structural
FEM. The application by GN&C engineers of so-called Model Uncertainty Factors (MUFs) has
been common practice for decades. These MUFs add conservatism to pre-launch predictions of
flexible body dynamics, as represented in the FEM. Generally, the size of the MUFs used by the
controls analyst in the stability analysis will diminish as the flight system hardware matures. As
the flight system model matures through the execution of component-level and subsystem-level
dynamic testing and model correlation, the magnitude of the MUFs can decrease as uncertainty
decreases and confidence in the FEM increases. This decrease in the MUF with increasing
modeling details and test correlation is often referred to as MUF “burndown.” Reference 31
(Section 2.1) provides a good description of MUFs and recommends several guidelines for their
application.

Spacecraft engineering organizations and flight project teams often do not have well defined,
established, and consistent MUF policies to use at the start of the CSI analysis process. This can
lead to inconsistent application and stacking of MUF’s potentially resulting in over conservative
predictions of stability margin impacts due to flexible body dynamic effects.

Even a test-correlated structural FEM may have model versus flight system hardware frequency
variability in “major modes” of £5%, while preliminary models will certainly have much more
variability. Early in the design phase, the control loop stability analysis should show robustness
to variations of +/- 10 % in the lowest frequency modes and +/- 25 % in the highest frequency
modes. This is because typically, the uncertainty in the modal data output from the structural
FEM increases with frequency. The preliminary structural FEM that is constructed early in the
spacecraft design process must be of sufficient order and modeling fidelity to accurately predict
the lowest modal frequencies (e.g., the first two or three bending mode frequencies) to support
preliminary control system stability analysis. Obviously this early FEM should capture the
dynamics of the fully-deployed on-orbit spacecraft flight configuration. Subsequently, later in
the spacecraft design process, higher order structural FEMs must be formulated to accurately
predict the properties of the higher frequency flexible modes. As the spacecraft design matures
the uncertainty in modal frequencies should diminish as more sophisticated structural FEMs are
developed and as modal test data becomes available to refine the model.

As a side note, it would behoove the control engineer to have an understanding of how the
spacecraft structural FEM was assembled and validated. In particular, the control engineer
should understand the uncertainty in the coupling terms used in the FEM to represent joint and
hinge type mechanical attachments between the spacecraft structural subassemblies. The nature
of these coupling terms can strongly influence modal frequency predictions. For example, a
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“hard” hinge stiffness in a deployed solar array would produce upper bound on modal
frequencies whereas a “soft” hinge stiffness would produce lower bound. The assumptions made
by the structural engineer concerning coupling terms in the FEM must be clearly identified and
documented for the benefit of the control engineer.

In a gain stabilized control loop, the selection of a controller bandwidth that is sufficiently large
to meet pointing performance requirements often imposes a hard limit on the lowest allowable
spacecraft flexible mode frequency. In practice, it is very common for the control engineer to
levy a specific written requirement on the spacecraft structural engineer to ensure the first
bending mode frequency of the vehicle (including all its flexible appendages) is above a
minimum value (e.g., 0.3 Hz). Typically this minimum value is negotiated based upon a
compromise between the desired controller bandwidth needed to satisfy performance
requirements and the realities of lightweight space vehicle structural design practices.

Notch filtering is a specific type of gain stabilization that the design engineer can employ, but
only with caution because of the aforementioned uncertainty in spacecraft flexible mode
frequencies. Fundamentally a notch filter is a narrow band-reject filter that sharply attenuates
(i.e., “notches out”) the modal gain in a control loop associated with a single flexible mode.
Therefore notch filtering is sensitive to variations in modal frequency. It should only be used
when confidence in structural modeling is high because a notch filter transfer function is
deliberately “tuned” to suppress oscillations of a single flexible mode. A particular notch filter
has little influence on other flexible modes, which occur at different frequencies.

A real world case that illustrates the challenge to the control system designer in dealing with both
the uncertainty in flexible mode frequencies and the sensitivity of the notch filtering approach
can be found in reference 40, which highlights a Gemini/Agena TVC system design issue. When
mated on-orbit, following rendezvous and docking, the Gemini/Agena stack was a single, large,
flexible body composed of two individual spacecraft joined at the structurally flexible docking
interface. Concerns were raised regarding the TVC controller stability while performing mated
orbit-changing maneuvers by firing the Agena main engine. Early preflight analysis revealed
inadequate TVVC gain margin in the presence of an estimated 5-Hz first bending mode during
propulsive maneuvers. Since lowering the control bandwidth was not an option the TVC
designers initially elected to employ a gain stabilization approach that entailed a notch filter set
for maximum attenuation at the predicted 5 Hz first bending mode frequency. Analytically this
approach provided the desired 6-dB gain margin in the TVC loop. However, subsequent study
revealed the first bending mode was actually closer to 3 Hz than the previously predicted 5 Hz.
This revelation led to a re-design of the TVC control system loop compensation. The Agena
TVC stability margins were subsequently achieved by adopting lead/lag compensation. It is
interesting to note that subsequent Gemini/Agena ground test results indicated the first bending
mode frequency was at 3.6 Hz and whereas the actual in-flight test data indicated the mode to be
approximately 10% higher at 4 Hz.

The point to be emphasized here is that notch filtering is a gain stabilization technique that must
be judiciously applied in those cases where the designer does not have the leeway to simply
lower the control bandwidth and does not desire to employ phase stabilization methods. Notch
filtering is most appropriately applied relatively late in the design cycle when there is a high
level of confidence in the spacecraft flexible mode frequencies. This confidence is typically
achieved with CDR-level high-fidelity structural FEMs anchored with relevant modal test data.
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It is good control system engineering practice to compare the stability robustness results obtained
from the linear frequency domain analyses with those obtained from the non-linear time domain
simulation of the system dynamics. Typically, the time domain simulation is used to generate
pointing performance predictions but it can also be exploited in a relatively straightforward
manner to perform a “sanity” crosscheck on both the gain margin and phase margin values
determined from Bode (or Nichols or Nyquist) stability analysis. The gain margin can be
crosschecked by simply increasing (or decreasing) the parameter in the time domain simulation
that influences the system’s loop gain until a point of instability is reached. Similarly, the phase
margin can be checked by increasing the time delay parameter in the time domain simulation
until a point of instability is reached. Obtaining close agreement between the stability robustness
values obtained from the frequency domain and the time domain approaches is highly advisable.
However agreement between these two sets of stability robustness values may be difficult to
achieve for non-linear, high-order, dynamically complex systems.

The stability guidelines given above are intended for single input-single output (SISO) control
systems that are operating in a steady state. However, a control system design may be perfectly
acceptable even if it does not satisfy the steady state criteria during all time periods, particularly
if the duration of non-compliance is relatively short compared to the response time of the vehicle
dynamics. Consider a three-axis-controlled spacecraft in a polar LEO. If the attitude sensing is
provided by magnetometers and Sun sensors, then the attitude reference about the third axis will
be lost whenever the magnetic field vector and the Sun vector line up. Since the pointing error
about this axis is temporarily unobservable, the attitude drift is restrained by inertia or
momentum bias rather than active control. In this case, the magnetic field vector changes
direction on the order of a tenth of a degree per second as orbital motion moves the spacecraft
away from the singularity. Three-axis attitude determination and control will be restored within a
few hundred seconds at most. Likewise, a related situation may occur if the gain margin is
degraded temporarily due to a mismatch between environmental torques and the available
control authority. This second situation may occur in orbiting spacecraft that use magnetic
torquers or in launch vehicles passing through the point of maximum dynamic pressure (i.e., the
Max Q point).

As described above the conventional approach to solving spacecraft CSI problems has been to
use SISO frequency-domain control loop shaping compensation techniques to achieve desired
controller flexible body stability margins. This approach often results in a performance-limited
design where the controller closed-loop bandwidth is purposely constrained to be well below the
first bending mode frequency. When implemented properly, this conventional SISO approach of
trading stability robustness for bandwidth limited performance has been flight-proven on many
NASA spacecraft and shown to work well for most mission applications to date.

Multivariable Multiple-Input/Multiple-Output (MIMO) Stability Robustness Analysis:

The classical SISO control-loop-shaping compensation design approach breaks down, however,
for spacecraft applications that require high bandwidth control in the face of multiple clustered
lightly damped structural flexible modes of vibration. This type of controller design problem
may, for example, present itself on large, structurally complex space platforms assembled on-
orbit by mechanically linking multiple lightweight sub-elements. For these very demanding
mission applications, the control system designer will need to exploit one or more of the many
multivariable MIMO-based design techniques that have been developed since the 1960s. In fact,
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some existing, and many emerging space platform control systems, are of multivariable MIMO
nature and consequently are not amenable to the classical SISO frequency domain stability
robustness analysis techniques of Bode [ref. 45], Nyquist [ref. 46], and Nichols [ref. 47] (and, the
time domain root locus analysis method of Evans [ref. 48] as well for that matter) that all date
back to the 1930s, 40s and 50s.

Reference 42 discusses the challenges and barriers to the implementation of multivariable control
systems. Garg provides valuable insight into ways of overcoming these challenges and
emphasizes that the robustness determination of MIMO control systems requires complicated
analyses using, for example, combinations of singular value techniques and Monte Carlo
simulations.

Many researchers have labored, with varying degrees of success, to develop modern stability
robustness evaluation methods for MIMO control systems. A detailed discussion of these MIMO
methods is beyond the scope of this report but a brief survey will be provided here for
background and insight.

In the 1960s and 70s, there were attempts to extend the established SISO techniques to MIMO
applications with mixed results. Some developed ad-hoc methods to adapt SISO methods for
MIMO stability analysis in which gain/phase margins are computed sequentially one loop at a
time. These “one-loop-at-a-time” approaches have weaknesses and are not uniformly reliable
ways to predict MIMO control system stability. Clearly these methods are unsuited for MIMO
control systems with strong loop interaction, or where it is very difficult to understand and
decouple complex input/output relationships.

Reference 41 describes the comparison of stability analysis results obtained for a fully coupled 6-
DoF linear model of a missile flight control system using the SISO method and the multivariable
gain and phase margin method. Disturbingly, the findings reported in this paper indicate that the
multivariable stability margins decrease with the missile’s total angle of attack, whereas the
classical SISO margins exhibit little to no dependence on the total angle of attack. Close
agreement between the multivariable and SISO stability margins occurs only at very small values
of total angle of attack where the missile’s equations of motion are lightly coupled. As reported
in the conclusions of this paper, as the total angle of attack increases, the vehicle’s dynamic
coupling also increases, and the multivariable margins decrease. This degradation in stability
margins is not seen in the results of the SISO analysis. Thus, we have here an example of the fact
that for highly coupled dynamic systems having acceptable SISO margins is not a guarantee of
satisfactory multivariable margins.

A high level historical survey of this MIMO stability topic reveals that in the mid-1960’s Zames
[ref. 49] developed a small gain theorem for studying unstructured perturbations in multivariable
control. This initial work was soon followed by Postlethwaite’s [ref. 50], MacFarlane’s [ref. 51],
and Rosenbrock’s [ref. 52] pioneering developments in the 1970s to extend the classical SISO
frequency domain techniques and the root locus to MIMO control systems. In the 1980s, Doyle
[ref. 53], Stein [ref. 54], Athans [ref. 55], Laub [ref. 56], and Safonov [ref. 57] all pursued the
development of modern processes and tools to solve the robust multivariable controller design
problem. In particular, they researched techniques to combine the best of the classical SISO
methods with the more mathematically sophisticated modern state space optimal control theory
of the 1960s and 70s. What emerged was a new approach that computed and displayed MIMO
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stability margins based upon the singular value properties of the system’s loop transfer matrix
(LTM). Effectively, the gain and phase margins of a MIMO control system could be portrayed
with plots of the LTM’s minimum and maximum singular values versus frequency. This
technique was the multi-loop extension to, and analog of, the classical single loop frequency
domain graphical techniques. Therefore practitioners of the classical SISO Bode method could
directly relate to and intuitively interpret the multivariable singular value plots.

The development of advanced multivariable MIMO control system design and analysis methods
continued in the 1990s and beyond, building upon the results of most all the researchers named
above. The subsequent work in this area led to the development of systematic multivariable loop-
shaping design methods to synthesize realizable MIMO controllers, which met performance
objectives while guaranteeing robustness against model uncertainty. Several of these MIMO
techniques that were matured in the late 1980s and 90s (e.g., Hoo Synthesis, p-analysis and linear
matrix inequality optimization) are currently being used by designers of multivariable
controllers.

Liquid Propellant Slosh Dynamics Considerations:

Launch vehicle flight control and spacecraft attitude control engineers have long been aware of
the challenges of adequately addressing the potentially de-stabilizing effects of liquid propellant
slosh dynamics [ref. 36 and 37, Section 2.1]. Historically speaking, the first observed incident
with propellant slosh occurred on the second flight of the Jupiter launch vehicle during which
stepped-pitch guidance commands were issued at a frequency near the liquid oxygen slosh mode
frequency with the unfortunate consequence of the vehicle being lost during ascent at the point
of maximum dynamic pressure [ref. 38, Section3.1].

Sloshing is a complex nonlinear dynamic phenomenon but, simply put, sloshing can be
considered as the periodic motion of the free surface of liquid in a partially filled propellant tank.
Propellant sloshing can occur on either a launch vehicle or on a spacecraft. The focus in this
section will be on considerations of slosh dynamics for spacecraft rather than launch vehicles.

Sloshing can be induced by a vehicle’s rigid body dynamic response to attitude control system
commands or from abrupt changes in a vehicle’s acceleration profile. In the latter case these
changes in vehicle acceleration can occur at the end of an active thrusting period or, in the case
of a launch vehicle, when encountering wind gust during the ascent phase of flight. The sloshing
liquid mass, if unconstrained, can impart disturbance forces and torques internal to propellant
tank. In a closed loop attitude control system these slosh disturbances can deleteriously couple
with a spacecraft’s rigid and flexible body dynamics leading to a potential instability.

In extreme cases slosh induced instabilities could lead to vehicle structural failure due to
excessive loads. Slosh could also cause the premature shutdown of engines/thrusters (or an
inability to start engine/thruster operation) if the sloshing liquid motions preclude the normal
flow of propellant out of the tank.

Slosh is an inter-disciplinary problem requiring the GN&C engineers to closely collaborate and
consult with their counterparts from the propulsion discipline for the development of appropriate
slosh dynamics models. This is similar to the relationships formed between the GN&C discipline
engineers and the structures discipline engineers for the modeling of the flexible body dynamics.
Typically, as is done for the modeling of the spacecraft’s flexible body modes, conservative

87



values for the open-loop slosh mode damping are used for the stability analyses of a spacecraft’s
attitude control system or a launch vehicle’s flight control system.

The 1966 NASA Special Publication SP-106 is an outstanding comprehensive monograph on the
fundamentals of the dynamic behavior of liquids in moving containers [ref. 39, Section 2.1]. It
summarizes almost all of the early work done on slosh modeling and is still to this day
commonly used by engineers seeking to understand the motions of liquid propellants contained
in launch vehicles and spacecraft. In 2000 an updated slosh modeling document was issued by
Southwest Research Institute that emphasized the most recent research and literature at the time
on slosh modeling and analysis and provides the results that are of most interest for spacecraft
applications (ref. 40, Section 2.1]. Readers that have an interest in slosh modeling should obtain
copies of both these seminal references.

A recurrent theme historically seen in slosh-induced anomalies and/or failures is either non-
existent or insufficient slosh modeling. Often Computational Fluid Dynamics (CFD) modeling is
used to support the formulation of the slosh dynamics model [ref. 41,Section 2.1]. Also, slosh
ground testing is conducted using flight-like tanks to support the development of slosh dynamics
models. The GN&C engineering team should strongly consider employing CFD modeling and
ground testing, especially for cases where the complexity of the slosh dynamics is a driver.

Often the liquid propellant tanks used on spacecraft have bare walls which can result in more
pronounced slosh effects. In other cases, the propellant tanks they may have internal diaphragms
or bladders, or other forms of PMDs, anti-slosh baffles, or other types of slosh suppression
devices [ref. 42, Section 2.1]. Of course, these slosh suppression devices add mass to the
spacecraft which is a system-level consideration. The obvious advantage of using these devices
is their influence on the slosh mode damping values. For example, on the NASA/GSFC Solar
Dynamics Observatory, the non-PMD (i.e., bare wall tank) case that was analyzed had a slosh
mode damping ratio of 0.2% whereas the PMD case had a dramatically increased damping ratio
of 8.0% [ref. 43, Section 2.1].

Thus, for spacecraft carrying relatively large amounts of propellant for thruster-based orbital
insertion, orbital maneuvering, and/or reaction wheel momentum unloading, it is imperative that
the impact of slosh dynamics, on both spacecraft attitude control performance and stability, be
well characterized and understood. Slosh effects must therefore be carefully accounted for in a
spacecraft’s attitude control system design. To determine the need for a slosh analysis a very
simple rule of thumb can be based upon the ratio of the propellant mass to the spacecraft dry
mass at the start of the mission. For the case when that ratio is greater than 20% to 30% a slosh
analysis (and the attendant development of a slosh model) be performed. This is needed since a
poorly designed attitude controller design could potentially excite the slosh dynamics
phenomenon, which can adversely impact performance and stability. All attitude control modes
should be analyzed for slosh dynamics impacts, especially those modes employing RCS
engines/thrusters for control torque actuation or for performing Delta-V maneuvers. It is
important for the GN&C analyst to perform sufficient modeling, simulation, and analyses in
order to well understand the degree of dynamic coupling between the liquid propellant slosh
modes and the spacecraft’s flexible body modes.

Historically, starting in the early 1960s, the work on slosh dynamics was confined to relatively
high axial acceleration launch vehicle ascent and orbital insertion flight control applications.
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Such applications have high Bond numbers; the Bond number being the parameter of most
importance here. The Bond number, Bo, is a dimensionless indicator of dynamic fluid
phenomena. Refer to Appendix G for the simple equation used to actually compute the Bond
number. More specifically the Bond number is a measure of the relative importance of surface
tension to gravitational forces and it is used to describe the transition of a liquid to a gravity
dominated flow. GN&C analysts use the Bond number to distinguish between low-g and high-g
slosh regimes. Again, maintaining the focus in this section on spacecraft attitude control versus
launch vehicle flight control applications, the low-acceleration (low-g) slosh regime is of most
interest here.

The widely held perception in the CoP is that the high-g slosh dynamics problem (where Bo >
1000) has more-or-less well-established solutions. There exist extensive test-correlated analytical
models for commonly used launch vehicle geometries. In particular there are the well-known
spring-mass mechanical models and the pendulum mechanical models that have been widely
applied to the high-g launch vehicle slosh problems with very good results obtained.

Conversely, the low-g slosh dynamics problem (~30 < Bo < 1000) is still in need of more
attention to formulate feasible and accurate solutions. Reference 40 (in Section 2.1) captures
information on the lateral sloshing of liquids in axisymmetric tanks under low-gravity conditions
and also provides equivalent mechanical models of sloshing for use in attitude control stability
and control analyses. Understanding low-g slosh dynamics is especially needed for spacecraft
with very large propellant mass fractions; of which there appear to be many in future space
exploration architectures. It should be noted that typically the propellant motion in the low-g
slosh regime is more complex to analyze than the high-g propellant motion. One key difference
from the high-g slosh behavior is that the liquid propellant free surface is highly curved, with a
zero-degree contact angle, in the low-g regime [ref. 40, Section 2.1]. While the spring-mass and
pendulum mechanical models can be applied to the low-g slosh problem they may require the
inclusion of some correction terms obtained from CFD simulation. Lastly, for completeness and
as shown in Appendix G, there is a micro-gravity slosh regime (Bo < ~30) as well. Obviously the
GN&C analyst should compute the Bond number that pertains to their specific slosh dynamics
problem.

References 11, 25, 26, 27, and 44, all from Section 2.1, provide additional material on liquid
propellant slosh dynamics covering topics from simplified slosh modeling techniques to
discussion of the treatment of slosh stability margin reductions for human-rated launch vehicles.

Summary:

In closing, it should be emphasized that the stability of a feedback control system is its most
intrinsic property. Simply satisfying performance requirements without ensuring stability in the
face of uncertainty is not an acceptable design practice. Stability comes first, followed only then
by performance. To gain a further appreciation of this fundamental fact readers are directed to
Reference 43 by Gunter Stein, which was the first Hendrik W. Bode Lecture given at the IEEE
Conference on Decision and Control in Tampa, Florida, in December 1989. In this lecture, Stein
focused on the consequences of instability in mission critical control systems and emphasized
that the underlying physical principles of stability must be clearly understood by all control
system engineers.
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Mission and/or Lesson Learned Linkages:

Appendix A: X-43, Mariner 10

Aerospace LL #2, 27, 33

GSFC GOLD Rule #1.30

NASA LLIS #0400

References (Section 2.2): 40-57

References (Section 2.1): 11, 25-27, 36-44, 47

Relevant Questions:

1.

10.

How is data latency accounted for? Have all time delays in the control loop between sensor
readout and actuation been accounted for in the analysis and simulation process?

Are different sample rates used in different segments of the control system? How are the
effects of multi-rate sampling accounted for?

Are the sensor/actuator pairs collocated on the spacecraft or are they placed in a non-
collocated manner on the spacecraft?

Has a specific written requirement been placed upon the minimum allowable first bending
mode frequency of the spacecraft (including all its flexible appendages)?

Are any of the structural mode frequencies within a decade of the controller bandwidth in
any mode of operation?

Are any of the structural mode frequencies within +/- 5% of the loop closure frequency in
any of the controller modes? Was a specific “stay out” requirement imposed to ensure
adequate separation between all spacecraft flexible mode frequencies and all control mode
loop closure frequencies?

How was the initial validation of the structural model accomplished before the results were
integrated into the controller linear model?

Have MUFs been used add conservatism to pre-launch predictions of flexible body
dynamics, as represented in the FEM? If so, is there a well defined, established, and
consistent MUF policy being used at the start of the CSI analysis process? Is there a well-
defined approach for MUF “burndown” over time as the flight system hardware matures and
the FEM has increasing modeling details and test correlations?What experimental data
supports using a particular value of damping ratio for the structural flexible body analysis?
What effect does temperature have on the structural flexible mode damping ratio?

What techniques were employed in the control system design process to reduce the
complexity (high-order) of the spacecraft flexible body model? Has the control system
analyst performed a rigorous modal significance analysis to identify and retain all flexible
modes with significant modal amplitude between a given actuator-sensor pair, or has the
flexible dynamic model been formed by simply truncating the modal data above a specified
frequency?

How was the modal gain and modal frequency data from the structural model been integrated
into the controller linear model?
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11.

12.

13.

14.

15.

16.

17.

18.

19.
20.

21.

Does the control system analyst understand all the implications of the structural coupling
terms used to connect the spacecraft structural sub-elements in the structural model? What
data consistency and unit checks were performed on the modal data by the control system
analyst prior to performing any stability analysis?

Do the flexible body dynamic properties of the spacecraft change significantly over the
duration of the mission either as a result of alterations in vehicle re-configurations, re-
orientations of moveable appendages (e.g., the slewing of solar arrays or re-pointing of
communications antennas) and/or the expenditure of on-board consumables such as
propellant?

Have structural model modal data outputs been provided to the GN&C analysts for the full
range of solar array, communications antenna, deployable boom/mast, or other appendage
angles and motions? Has the analyst repeated the flexible body stability analysis for all
spacecraft core body/appendage configurations?

Was the frequency and the amplitude of all flexible modes varied in the course of performing
the stability analysis? What was the range of variation used? Were all modes varied
simultaneously in the analysis?

If digital “bending mode” filters (e.g., a low pass filter, a notch filter, etc.) will be utilized in
the control loop to attenuate flexible body responses, has the frequency response analysis
taken into account the execution rate? During flight, if it is necessary to adjust the frequency
response characteristics of a digital “bending mode” filter will it be possible to update filter
coefficients (and the filter initialization parameters) with only simple changes to FSW data
tables or will such adjustments require FSW code patching?

What factors were considered, and what trades were performed, in selecting the sample rates
for the feedback controllers used in each mode of spacecraft operation? In designing the
spacecraft’s sampled data feedback controller what protections were included to guard
against the phenomena of aliasing introduced by under-sampling? Are anti-aliasing filters
included as part of the controller design?

Have Monte Carlo techniques been used to perform stability analyses by simultaneously
randomizing the bending mode frequencies, modal gains, damping ratios, and other
parameters that effect stability?

Has a comparison been performed between the stability robustness values obtained from the
linear frequency domain analyses and those obtained from the non-linear time domain
simulation? How are the stability margins determined in the non-linear time domain
simulation?

How are the stability margins determined in the HITL tests?

Avre the natural frequencies derived by structural analysis confirmed through modal testing?
What spacecraft-level, subsystem-level or component-level tests have been performed to
validate the structural model?

Were any persistent small amplitude oscillations observed in either the closed-loop test data
or the high fidelity simulation? Has the oscillation source been identified and corrective
action been taken?
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22.

23.

24,

25.

26.

27.

28.

29.

30.

31.

32.

33.

34.

35.

36.

Have describing functions been used to study the influence of nonlinearities on control
system stability? Does the describing function analysis predict the possibility of limit cycles?

If the control system has multiple inputs and multiple outputs, how were the stability margins
determined?

Does the mission require relatively large amounts of propellant for orbital insertion, orbital
manuevering, and/or reaction wheel momentum unloading such that a slosh dynamics
analysis should be performed? Specifically, what is the ratio of the liquid propellant mass to
the spacecraft dry mass at the start of the mission? Is this ratio in the range of 20% - 30% or
greater?

Has the Bond number been calculated for the specific slosh dynamics problem under
consideration? If so, does the Bond number indicate a high-g slosh regime or a low-g slosh
regime?

Is there anything novel or unique about the size, shape, location, and configuration of the
propellant tanks on the spacecraft?

Do the liquid propellant tanks have bare walls, internal diaphragms or bladders, other forms
of PMDs, or anti-slosh baffles? If there are features internal to the propellant tanks, how has
that influenced the determination of the slosh mode damping values?

Was a computational fluid dynamics (CFD) model used to support the formulation of the
slosh model?

Has slosh ground testing been conducted using flight-like tanks to support the development
of slosh dynamics models?

How have the liquid propellant slosh dynamics been modeled for the purposes of performing
an attitude control system stability analysis? Was some form of mechanical slosh model
developed to represent the vehicle’s slosh dynamics? If so, which mechanical model was
used: spring-mass or pendulum? Were any CFD-derived correction terms applied to the
mechanical model to account for complex liquid propellant motions?

What specific value (or range of values) for the open-loop slosh mode damping ratios were
used in the attitude control system stability anaysis?

Was the slosh model used for the stability analysis parameterized as a function of the
propellant tank fill fraction and spacecraft linear acceleration?

Is the degree of dynamic coupling between the liquid propellant slosh modes and the
spacecraft’s flexible body modes well undestood?

How was the slosh model integrated into the attitude controller linear model?

What is the impact of liquid propellant slosh modes on the atttitude control system stability
margins? What range of slosh model parameter variations was used to investigate the impact
of slosh on attitude control system stability?

Have targeted sensitivity studies been conducted in the frequency and time domains to
analyze and investigate the effects of slosh parameter and other system variations?
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GN&C Best Practice #13

Ensure the analyses of the dynamics in ALL flight phases are understood completely (e.g.,
aerodynamics, flexibility, damping, gyrodynamics, plume impingement, moving mechanical
assemblies, fluid motion, changes in mass properties, thermal snap).

Discussion:

Satisfactory dynamic performance of spacecraft ultimately depends upon accurate stability and
control analyses. Often, sophisticated models of the dynamics of the spacecraft, its control
system, and the environment are required to perform the required analyses. The first step in
planning the analysis and simulation campaign is to identify how precise the models need to be
for the pertinent vehicle dynamics and environments (e.g., aerodynamics, magnetic interactions,
flexibility, damping, gyrodynamics, plume impingement, moving mechanical assemblies, fluid
motion, changes in mass properties). Appropriate planning requires early consultation with
dynamics and controls engineers who have broad experience on many missions and detailed
experience on the specific types of problems that the current mission might encounter.

During the planning phase, preliminary analysis is required to estimate the magnitude of the
environmental disturbances in order to size the control actuators and momentum storage devices
appropriately. The disturbance environment may differ by many orders of magnitude over the
different phases of a mission. Never the less it is usually “paper and pencil” analysis that is
needed in the early stages of a program rather than computer simulation. The preliminary
analysis is often more critical for systems that seem to be the simplest from a control systems
point of view. The dynamics of space vehicles that are stabilized by gravity gradient, spinning, or
momentum bias can be highly complex and inappropriate model simplifications such as
linearization can lead to unstable designs. Non-linearities and cross-coupling between axes need
to be treated with care starting with the preliminary analysis, because these phenomena are
inherent in the physics; they are not necessarily second order effects that can be added as
refinements later. It would be even more dangerous if the detailed performance analysis models
used the same simplified assumptions as in a cursory preliminary analysis.

Three-axis stabilized spacecraft with sophisticated attitude determination and control systems
may present analytical complications due to non-rigid body dynamics. Prior experience on
similar spacecraft usually provides a reasonable basis for estimating how extensive the dynamics
analysis and simulation campaign will need to be. Preliminary analysis for three-axis stabilized
spacecraft is more likely to be required for unique control system design issues such as controller
non-linearities, noise, and timing rather than unknown vehicle dynamics. Spin-stabilized
spacecraft often present analytical complications due to energy dissipation, inertia ratio stability
constraints, deployment uncertainties, fuel migration and thermally induced asymmetries.

Preflight predictions of the performance of GN&C systems are based on simulation because it is
so difficult to replicate the space environment in a ground test facility. A Monte Carlo simulation
campaign is often used due to the large number of variable parameters (e.g., atmospheric density,
gyroscope noise, thruster valve response times, GPS receiver noise, modal frequencies, damping
ratios) represented in the simulated dynamic model. The Monte Carlo campaign calculates
multiple scenarios of a model by repeatedly sampling values from the probability distributions
for the uncertain variables and using those values in individual simulations. A probabilistic
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estimate of control system performance can then be calculated by taking an average over a large
number of the random individual cases. Approximate formulae may be used to estimate how
many cases will be required to achieve a specified confidence that the performance will be
within a certain percentage of the goal; for complex systems that number of cases is often in the
thousands. However, the campaign should be continued until the first two statistical moments
(i.e., average and standard deviation) over the number of runs approaches a steady state and
familiar distribution curves start to emerge that do not change significantly with additional cases.

The Monte Carlo simulation approach is a powerful tool that can be applied to a number of
GN&C-related problems. For example, it has been used effectively to assess and understand the
performance of spacecraft attitude determination and control systems, launch vehicle powered
guidance systems, powered descent planetary landing systems, and space navigation systems.
One other common and very useful application of the Monte Carlo technique is the evaluation of
control system stability robustness.

Mission and/or Lesson Learned Linkages:

Appendix A: Explorer 1, Lewis

Aerospace LL #27, 95

GSFC GOLD Rules #1.30, #1.31

NASA LLIS #0400, 0423, 0424, 0625, 1480
Relevant Questions:

1. If the mission has a spinning phase, is the system stable over the range of inertias expected?
If it is a dual-spin vehicle, does the effective inertia ratio pass through unity during despin?

2. What possible sources of energy dissipation exist? What damping time constant would be
associated with them?

3. Does the selected GN&C architecture, or operational phases, levy inertia ration constraints
on the system (or vice versa)?

4. Are linear control actuators required or will simpler bang-bang control suffice?

5. What is the tradeoff in control system bandwidth between sensor noise and disturbance
torque?

6. What sampling rate is required for digital controllers? How much delay is permissible?

7. Is there a documented description of the simulation campaign used to predict GN&C
performance and stability?

8. If the campaign involved Monte Carlo simulation, how many random variables were
involved, what distributions for them were assumed, and how was the required number of
cases (runs) determined?

9. Describe the process for establishing and validating the model uncertainties.
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GN&C Best Practice #14

Make certain that the analyst who develops the mathematical models for the simulation of the
GN&C hardware has hands-on familiarity with the hardware being modeled. All unexpected
results or anomalies during hardware testing must be explained and/or incorporated into the
simulation math model. Similarly, all deviations between results from the design simulation
and the V&V simulation must be explained.

Discussion:

Skylab, like all space vehicles, was built with careful control of access to keep the vehicle clean,
inventory all material brought inside, and prevent interference with the assembly and checkout
crews. As a result, the designers rarely viewed their final product in the as-built condition. Clean
room restrictions inhibited the detail designers from examining the hardware, even though
several independent reviews had expressed concern about the deployment of the micrometeoroid
shield. At approximately 63 seconds into the flight of Skylab 1 on May 14, 1973, an anomaly
resulted in the complete loss of the meteoroid shield around the orbital workshop. A design error
resulted in premature deployment of the shield, nearly causing a total loss of the mission. This
initial anomaly was followed by the loss of one of the two solar array systems on the workshop
and a failure of the interstage adapter to separate from the S-11 stage of the Saturn V launch
vehicle. The ensuing failure investigation identified the most probable cause of this flight
anomaly to be the breakup and loss of the meteoroid shield due to aerodynamic loads not
accounted for in its design. The breakup of the meteoroid shield, in turn, broke the tie-downs that
secured one of the solar array systems to the workshop. Complete loss of this solar array system
occurred at 593 seconds, when the exhaust plume of the S-11 stage retro-rockets impacted the
partially deployed solar array system. Falling debris from the meteoroid shield also damaged the
S-11 interstage adapter ordnance system in such a manner as to preclude separation. An important
Lesson Learned here was that access to assembly areas should be controlled but not eliminated to
ensure that engineers become familiar with actual flight hardware to develop an intuitive
understanding of their system modeling results [ref. 60].

GN&C systems analysis and simulation studies require detailed models of guidance and control
components (i.e., sensors, electronics, and actuators). The models are developed from component
specifications, circuit diagrams, and test results. In the case of sensors and actuators, the models
are derived from manufacturer specifications and test results. Electronics models are developed
by breadboarding and laboratory testing of circuits and components. Test plans and results need
to be reviewed by the analyst who develops the model to make certain the models conform to the
hardware as it is actually built. It is highly advisable to have the analyst who develops the math
models for the GN&C simulations participate in all major hardware design reviews as well as
witness the hardware acceptance testing and review all test data generated. This will ensure the
analyst has a high level of familiarity with the idiosyncrasies and behaviors of the GN&C
hardware being modeled. The analyst and the test engineer must identify and resolve all test
discrepancies. The detection and identification of discrepancies during testing has proved to be
crucial to mission success in the past.

GN&C designers must ensure that they have used adequate dynamic modeling of structural
flexibility, plume impingement, outgassing, liquid propellant slosh, nutation, etc. The dynamics
and environmental models used in the GN&C design simulations cannot be tested easily in the
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laboratory. Instead, they are tested against the truth models that were independently derived by
the V&V team. The environmental models used in the two simulations can be tested individually
by turning off all other models of disturbance sources. Similarly, flexible body dynamics can be
compared by turning on one flex mode at a time for model validation. In general, the simulation
test results will not match perfectly because the models were developed separately. However, the
sources of the mismatch should be identified. If the mismatch is due to lack of completeness of
the design simulation model, then it may need to be modified to provide higher fidelity, which in
turn may result in retuning the GN&C system parameters.

Mission and/or Lesson Learned Linkages:

e Appendix A: ACRIM, TIMED, Terriers
e Aerospace LL # 2, 36
e NASALLIS #0377, 0641

Relevant Questions:

1. Was the analyst who developed the mathematical model of the component present when the
hardware test was conducted?

2. Are all the idiosyncrasies and behaviors of the GN&C hardware, for all relevant mission
phases, well understood?

3. Was the math model of the component used to predict expected test results? How well did
the test results correlate with the expected values?

4. Were discrepancies between test results and expected values due only to parameter
variations? Are the parameter variations consistent with the specified tolerances from the
component manufacturer?

5. Isthe GN&C closed-loop system performance sensitive to variations in actuator parameters
such as stiction or backlash?

6. Were the physical parameters used in the dynamics and environmental math models based on
experimental data? What range of values might be encountered in space during the mission?

7. What are the computational cell size dimensions used in the math models for pressure forces
such as aerodynamics and solar radiation pressure? Is shadowing included in the models?
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GN&C Best Practice #15

The truth model used in verification of high-fidelity simulations must be developed
independently from that used in the design simulation.

Discussion:

Spacecraft contractors have the primary responsibility for performing sufficient stability, control,
and dynamics analyses to assure satisfactory dynamic performance of the vehicle. These
analyses need to be validated by an independent group in order to assure their completeness and
correctness. The formulation of the math models used for verification should be independently
derived from those used by the GN&C design engineers. Modeling mistakes are not easily
caught. Reusing a model without fully understanding underlying assumptions can be risky.
Changes in configuration or flight environment may invalidate the original analysis.

Programs should insist that the analysts document their methodology and assumptions, and
compare them against the actual hardware so that errors may be found. Analysis does not negate
testing. Component test plans and results must be reviewed to make certain that the models
conform to the hardware as it is actually built. Designers should be called back to inspect the
products, to see if there are major differences between analysis and implementation.

Mission and/or Lesson Learned Linkages:

e Appendix A: Explorer 1, IMAGE, Polar BEAR, Lewis, Voyager
e Aerospace LL #2, 38, 73
e NASA LLIS #0377, 0400, 0423, 0424, 0625, 0641, 1480

Relevant Questions:

1. If amodel has been reused, did the original analyst review the model’s applicability for this
reuse?

2. Are the physical parameters (e.g., mass properties, gains, deadbands, aerodynamic density)
that were used in the design simulations the same as in the verification simulation?

How were the math models of the components correlated with H/W test data?

4. Are all relevant dynamics modeled (e.g., nutation, multi-body dynamics, relative motion,
flexibility, energy dissipation, fluid motion, magnetics, radiation pressure, aerodynamics,
eddy current damping, out gassing, impingement)?

5. Are the simplifying assumptions used in formulating the model (e.g., small angle
approximations, linearity, absence of cross coupling) justified over the entire range of
conditions that the model will be used?

6. Has the fault protection logic been independently verified?
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GN&C Best Practice #16

Establish a strong relationship with, and maintain close surveillance of, the GN&C lower-tier
component-level (both hardware and software) suppliers.

Discussion:

The Apollo Program placed an extraordinary emphasis on GN&C component reliability. It was a
single-string system with no redundant features, and thus, no fault tolerance. To achieve this
unprecedented level of component reliability, a set of extremely rigid and comprehensive quality
control processes were developed and applied by NASA on all Apollo GN&C parts and
components suppliers. To satisfy the Apollo Program’s need for an ultra-reliable GN&C system
some industrial contractors established special NASA-dedicated Apollo Program production
lines, using NASA certified trained assemblers. NASA personnel continuously performed on-site
inspections of the Apollo GN&C component production lines at selected industrial contractors.
At the electronic device level, all Apollo devices were tested and if a single sample proved
defective the entire device lot was quarantined. Failed devices went through detailed teardown
and failure analysis to preclude defect migration problems. Extensive component-level testing,
including stress testing, was performed as part of the Apollo Program.

Following Apollo, NASA purposefully moved away from a single-string GN&C architectural
approach for its human rated spacecraft. The GN&C systems implemented on the Shuttle Orbiter
and the ISS have varying degrees of fault tolerance. Having fault tolerant spacecraft GN&C
systems does not mean however, that NASA has the luxury of relaxing requirements for GN&C
component-level reliability. NASA’s industry partners (e.g., spacecraft system integration prime
contractors) will have the leadership role in procuring GN&C components for their respective
vehicles from the lower-tier suppliers. However, it would be inappropriate, unwise, and
complacent for NASA to relinquish to the industry primes the entire responsibility for
monitoring and overseeing the component development and production work at the suppliers.

NASA should share responsibility with the industrial prime contractors for shaping suppliers’
technical, mission assurance, and business environments. In the past, NASA’s concerns over
interfering with the contractual relationship in place between the prime and a supplier
encouraged an arms-length approach to suppliers by NASA project managers and engineers
alike. In the future, NASA needs to find creative ways to be more proactive and involved with
the selection of and contractual relationship formulated with the GN&C suppliers. NASA project
managers should strongly encourage the primes to 1) select high-performing suppliers at all tiers
of the supply chain; 2) effectively integrate NASA engineering and mission assurance teams into
the prime-supplier relationships; and 3) ensure that best supplier practices for technical, mission
assurance, and business processes are put in place at all tiers of the supply chain. For example,
NASA should consider the potential benefits to be gained by putting in place contracts that offer
long-term benefits (e.g., financial incentives) to both the prime and the suppliers for satisfactory
(e.g., failure and malfunction free) on-orbit component-level mission performance. By jointly
fostering a collaborative environment between NASA, the industry primes, and all tiers of
suppliers, the likelihood of NASA achieving its primary objectives of crew safety and mission
success will be increased.
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Comprehensive design verification through the application of a rigorous test program starts with
component-level testing at the suppliers. Emphasis needs to be placed upon the testing done at
the lowest level under flight-like conditions. A strong on-site presence to closely monitor the
planning, execution, and results of these component-level tests would have great value. The
premise here is that an on-site engineer could identify problems/issues early enough to increase
the probability of a timely and efficient resolution.

Obviously, having consistent manufacturing process controls as well as following the traditional
standard approach for sequential developmental, qualification, and acceptance testing will
directly support the goal of producing a known quality GN&C component at the supplier’s
facility. Unfortunately, it is not uncommon that programmatic cost and schedule pressures can
arise due to the supplier encountering technical difficulties and unknown risks during component
development. Note that the source of some of these pressures may also be traced to contractual
provisions for award fees based upon the supplier’s cost and schedule performance. The GN&C
engineer must be aware of the buildup of these pressures and be poised to respond to their
technically detrimental consequences. These consequences often will take the form of deliberate
reactionary compromises in the design and qualification of components. Such compromises may
materialize as 1) a push by the supplier towards component qualification by similarity; 2)
limited, perhaps at the breadboard level only, developmental testing; 3) the premature release of
component build drawing packages to the factory floor in parallel with, or perhaps even prior to,
the completion of all developmental testing; 4) limited or constrained qualification testing; and
5) a reluctance to acknowledge design shortcomings, the need for re-design, and/or to perform
any re-testing. Close routine on-site monitoring of suppliers’ work will help identify any trends
towards compromising component design and qualification integrity. Early recognition of such
trends can be the key to successfully countering such technical compromises.

There is no substitute for regular face-to-face communication with the component supplier’s
design engineering, manufacturing, and test team members. Having a routine visible on-site
presence at the supplier’s facility on the part of the GN&C engineer establishes a pattern of
technical ownership of the component, professional integrity, and attention to detail. In some
special cases, it may be most beneficial to be physically co-located at the supplier’s facility for
some extended period, for example, during the qualification testing phase.

Establishing solid relationships with and maintaining close surveillance of GN&C hardware and
software component suppliers is a best practice for human-rated and robotic spacecraft
developments. However, one would expect the level of GN&C supplier surveillance to be
substantially higher when procuring components for human-rated versus robotic spacecraft.

As part of the overall approach to monitoring the work of the component suppliers, the lead
GN&C engineer should enlist the support, on an as-needed basis, of engineers, technicians,
scientists, and statisticians with highly specialized education, training, skills and experience in
such esoteric areas as software design and test, EEE parts, mechanical stress/loads, FMECA,
electrical packaging, electromagnetic compatibility/interference (EMC/EMI), thermal design,
mechanisms, reliability, manufacturing, tribology, environmental testing, software configuration
management, ground/flight operations, and maintainability. For example, the GN&C engineer
may call upon specialists to predict failure mechanisms and failure rates as well as specialists to
make recommendations concerning life testing for components with moving parts such as
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gyroscopes, CMGs, reaction wheel assemblies (RWASs), scanning Earth Sensors, antenna
pointing mechanisms, etc.

Reference 34 highlights the effective combination of design, test and product assurance
approaches used to achieve the high level of mission reliability required for the Apollo Program.
On Apollo, at least half of the developmental failures that occurred in all the test programs were
classified as due to workmanship, procedural, or quality causes. Over time, the Apollo design
engineers and product assurance staff first learned how to screen out failures using high-
reliability part-level process controls and quality inspections as well as component-level test
techniques. The emphasis then was placed on preventing failures through design process
improvements and, in tandem, identifying ways to catch failures earlier in the overall DDT&E
process. Eventually, an area of primary concern and concentration for Apollo product assurance
managers was to develop ways to reduce the number of failures that were “human-oriented”
rather than “design-oriented.” The author of reference 34 states that on Apollo, the probability of
catching a “design error” in a spacecraft component was a function of the past test history of that
component. In other words, the more successive tests, the greater the likelihood of the failure
showing up. The author also states their probability of catching a “human error” was independent
of the component’s previous test history. This is because human-induced errors appeared in some
units and not others, so the problem was different in a statistical sense.

The solution approach adopted by Apollo product assurance managers was to minimize the
chances of inducing human errors (e.g., poor workmanship) and to place inspection and defect
screening points around those areas where such errors would have the greatest probability of
occurrence. Their goal was to catch these errors prior to subsystem ATP, and they focused on
three distinct design aspects: design for producibility, design for rework and design for long
equipment lifetime [ref. 34]. The value of the LM component pre-installation tests (PITs)
performed by Grumman at their Bethpage assembly facility was also highlighted in reference 34.
These PITs were performed on all components delivered to Grumman by their vendors as a
protection against defects that may have passed through the vendor’s pre-ship screens/tests or
been induced during handling and transportation of the component. References 35-37 reinforce
the points made on Apollo reliability by the author of reference 34. In particular, reference 35
describes the qualification and testing procedures used for the Apollo spacecraft components and
systems with a special emphasis on vibration testing. Reference 37 gives a description of the
reliability controls in U.S. crewed spacecraft programs up to the time of its publication (1974).
This treatment covers Project Mercury, the Gemini Program, the Apollo Program, the Skylab
Program, and the Apollo-Soyuz Test Project. Reference 37 summarizes the major reliability
tasks and innovations being used on the Space Shuttle Program. Examples of these innovations
include improved management techniques and an early identification of specific certification
tests.

Mission and/or Lesson Learned Linkages:
References 34-37

Relevant Questions:

1. What process and criteria did the prime contractor employ to select the GN&C component
suppliers? Was there a multi-stage down-select process?
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10.

11.

12.

13.

14.

15.

Was the component design selected on the basis of lowest cost to just meet the minimum
technical requirements and standards specified in the Request for Proposal (RFP)? Could a
substantial improvement in component performance and reliability, beyond the minimum
specified requirements, be achieved with modest cost growth? Is there a reasonable balance
between “requirements creep” and being “penny-wise, pound-foolish” here in the selection of
the component?

What is the past-performance record of the supplier in proving similar GN&C components
under similar contractual conditions? Has the supplier previously provided components for
human rated spacecraft or other aerospace vehicles?

What steps has the supplier taken to strengthen their qualification and verification of parts,
materials, and processes to satisfy human rated spacecraft requirements?

What mission assurance standards and requirements are being placed upon the GN&C
hardware/software component suppliers by the prime contractor? How has the prime
contractor certified the GN&C hardware/software component suppliers can properly satisfy
these imposed standards and requirements?

How has the prime contractor reinforced the government’s expectation for reliable GN&C
components that meet the technical standards and specifications for human rated spacecraft?

Does the supplier’s contract include provisions for mission-level performance based financial
incentives rather than (or in addition to) award fees based upon production cost and delivery
schedule metrics?

Are there any formal contractual provisions (between the component supplier and the prime
contractor) that will limit/constrain the government’s access to the supplier’s facility for
general oversight and surveillance functions and, in particular, test witnessing?

What are the component-level test philosophies, criteria and implementation approaches
being used by the suppliers? What specific aspects and features of the supplier’s test program
are intended to detect/screen out material, part, fabrication process, workmanship, and
assembly defects in each component?

Does the component supplier have an adequate sized workforce with the right mix of design,
manufacturing, and test engineering skills and experience?

What is the supplier’s approach for the reporting, tracking and resolution of test
discrepancies and anomalies? How will component “idiosyncrasies” found during testing be
treated?

Does the supplier possess in-house all the required test facilities needed to conduct the entire
component test program or are portions of the test program sub-contracted to other parties?

Does the prime contractor plan to co-locate engineering and mission assurance staff at the
supplier’s facility?

How well has the component supplier applied their lessons learned into own in-house design
and development processes? What is the evidence of their success in doing this?

Avre the technologies proposed by the supplier for a given component mature enough to
proceed to the product development phase?
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16.

17.

18.

19.

20.

21.

22,

23.

24,

25.

26.

27.

Which, if any, GN&C components does the supplier and the prime contractor intend to
“Qualify by Similarity”? In each case what is the rationale for taking a qualification by
similarity approach for a component?

Which GN&C components will require re-qualification because of obsolescence extensive
changes in design, manufacturing and assembly processes, environmental levels and/or
performance requirements?

Have the navigation sensors (particularly CCD-based optical sensors such as Star Trackers)
been analyzed by the supplier for worst-case signal-to-noise degradations due to aging and
exposure to the space radiation environment?

What approaches will the supplier use to ensure all testing is done in a safe manner to protect
both flight hardware components and test team personnel?

Will an engineering or development model of the component be used as a “pathfinder” for
validating test procedures prior to first application to flight hardware?

How will the component initial power-on test (IPT) procedures be validated prior to first use?
How is safety ensured during such IPTs? How are components protected/safeguarded during
IPTs?

Are there any special test fixtures or special test equipment not yet identified, costed, and
scheduled?

Will GN&C component-level thermal/vacuum testing be performed in addition to ambient-
pressure thermal cycling testing?

What component-level life testing is planned to be performed at the supplier’s facility? What
component-level life testing is planned to be performed at the prime contractor’s facility?

Does the supplier intend to perform any tests for “discovery”? If so, what is the
justification/rationale for such tests?

Will there be sufficient supplier-controlled documentation retained to assure that any
subsequent failure, anomaly, discrepancy investigation or analysis that may be required can
identify the specific manufacturing and assembly processes used, parts and materials used,
and testing performed on each delivered flight component?

How have the qualification and acceptance test levels for vibration, thermal/vacuum, EMI,
etc. been established at the component level for the specific mission application?
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GN&C Best Practice #17

Ensure the GN&C subsystem adheres to the “Test As You Fly” philosophy.

Discussion:

In the development of a V&YV testing program, the GN&C SE should be guided by the “Test As
You Fly; Fly As You Test” maxim. The “verification” shows that the system (hardware and
software) satisfies the design requirements, whereas the “validation” demonstrates that the
system actually performs as intended.

More so than other spacecraft subsystems, it can be difficult to “Test As You Fly” for GN&C
systems, which are severely constrained by the 1-g ground test environment. The GN&C V&V
process therefore places an extraordinary reliance upon modeling and simulation. These models
and simulations need to be independently validated.

“Test As You Fly” is the preferred method of GN&C verification. When this type of testing is
either not possible or not appropriate, other verification methods (such as analysis, simulation,
inspection, and demonstration) may be used. When analyses and/or simulations are used, the
analysis and simulation results need to be independently reviewed. When inspections are used,
they must be performed on the final, as-built, ready-to-fly GN&C configuration. The GN&C
engineer should create a Test As You Fly Exception List documenting specifically where this
test philosophy is not adhered to, including a description of the accepted risk to mission success.

The GN&C FSW must undergo closed-loop validation running on whatever platform is to
perform as the GN&C host computer. It must be tested with nominal, failed and degraded
GN&C components, over the full range of mission profiles, flight dynamics, and spacecraft
models. Some GN&C functions can be tested on the ground without going to extraordinary
measures. End-to-end attitude controller polarity tests can be performed in a relatively
straightforward manner for example. The key is that these type of test need to be performed with
rigorous knowledge and control of the test configuration. All such tests should be performed in
the actual flight configuration, including the flight electrical harnesses and final GN&C FSW
builds.

In addition, one should be testing for verification, not for “discovery.” The expected results of a
given test should be established and documented by the GN&C analyst well in advance of the
actual test execution. The expected GN&C test results should be reviewed and understood by the
test team prior to performing that test.

Mission and/or Lesson Learned Linkages:

e Appendix A: Lewis, WIRE, MCO, MPL, Timed

e Test As You Fly, Fly As You Test, and Demonstrate Margin (Mars Polar Lander, 1998),
NASA Lessons Learned Information System, LL # 1196, 24 January 2002, JPL,
https://llis.nasa.gov/lesson/1196

e Aerospace LL #53, 60, 80, 97

e GSFC GOLD Rules #1.07, #1.33
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Relevant Questions:

1.

10.

Assuming that ground testing of all possible system configurations cannot be performed, how
will the spacecraft’s GN&C end-to-end behavior, stability, and overall performance be
verified in various system configurations prior to actual in-flight implementation?

Has a GN&C Test Plan been formulated? Does this plan specify the scope of all GN&C test
activities, roles and responsibilities, methods to be used, facilities and venues, models,
support equipment, and schedule. The GN&C Test Plan should also clearly define the level
of subsystem retest required, if any, in response to design changes, new software deliveries,
and GN&C anomalies found in test.

Has the contractor developed a list defining the minimum set of GN&C tests that must be
completed prior to launch? What are the mandatory (“must-do””) GN&C tests needed to
validate compatibility with the mission environments, and to demonstrate functional
capability to execute the mission? How will deviation(s), if any, from the project-approved
GN&C minimum test set be handled? Before any such deviations are approved by the
Project, will an assessment of the resulting risk be provided?

Is it clearly defined in the plan what GN&C functions, performance, interfaces, and
interactions with other subsystems:

— Can be tested on the ground?

— Can be tested on the ground but will not be tested?

— Cannot be tested on the ground due to the realities of physics?

For those GN&C tests that can be tested on the ground but will not be tested by the
contractor (i.e., there is no plan or allocated resources for these tests), has a sufficient GN&C
engineering rationale been defined and documented? Does this rationale include the impact
to the GN&C (and mission) risk posture?

Have all GN&C testing limitations and uncertainties been considered, defined, and
documented? Have they been factored into the overall GN&C (and mission) risk posture?

To what extent will the actual GN&C flight hardware units, not the non-flight Engineering
Units, be employed in GN&C testing?

What provisions has the contractor made to implement and enforce the “Test As You Fly”
approach to GN&C testing? For example, does the contractor plan to perform GN&C end-to-
end (sensor to actuator) controller polarity testing in the most flight like configuration
possible? If so, what specific steps will be taken to ensure this happens?

Will simulated on-orbit “day in the life” operation of the GN&C subsystem be performed
under nominal and stressed conditions for all mission critical events? In what test
environment will these be conducted: Ambient conditions, or under exposure to expected
thermal/vacuum and vibration environments?

Have all exceptions to the “Test-As-You-Fly” maxim within the GN&C tests program been
identified and documented, along with an assessment of the resulting GN&C (and mission)
risk? Has a Test As You Fly Exception List been created to specifficaly document where this
test philosphy has not been adhered to, including a description of the accepted risk to mission
success.
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11.

12.

13.

14.

15.

16.

17.

18.

19.

20.

21.

22,

Once a desired “Test As You Fly” test configuration has been defined and established, how
will it be maintained? What provisions has the contractor made to rigorously control the
GN&C test configurations before, during and immediately after (which is necessary for any
post-test troubleshooting work) the execution of a given test?

Does the contractor recognize controlling the GN&C hardware/software interface is of
critical importance for any GN&C testing? What evidence is there that configuration
management steps will be enforced to maintain this test environment?

Does the GN&C testing require unique procedures, special test equipment, GSE, test
facilities and training for test personnel? Has the need for these items been documented in the
GN&C Test Plan? Have sufficient resources (funding, personnel, and schedule) been
allocated to ensure the timely phased delivery of the above to support the GN&C test team’s
activities?

Does the contractor recognize and understand that the GN&C testing to be performed is for
the purposes of verification, not for “discovery”? Have the expected results of a given test
been clearly defined and documented by the GN&C analyst in advance of the actual test
execution? Have these expected GN&C test results been reviewed and understood by the test
team prior to performing that test?

Does the contractor plan to have a GN&C engineer that is knowledgeable of the
requirements/test method and is independent of the test team “certify” the test procedures and
the test configuration prior to use to ensure the planned testing represents an adequate GN&C
verification step?

Does the contractor plan to us the same GN&C command/telemetry system for Flight
Operations as was used for testing during the integration and test (1&T) phase of
development?

Has a GN&C Trending Plan been developed describing how key component functional and
performance metrics are to be tracked both during ground test and on-orbit?

Is there a plan to build an on-orbit GN&C hardware and software performance trend database
upon similar trend data collected during the 1&T phase? Have steps been taken to ensure that
the I&T GN&C trend database is compatible with the on-orbit GN&C trend database so that

they can be seamlessly integrated?

What GN&C testing can be performed at the fully integrated spacecraft level prior to
shipment to the launch processing facility at the launch site? What are the specific limitations
to GN&C testing at this point in the spacecraft development?

What GN&C testing can be performed at the launch processing facility? What are the
specific limitations to GN&C testing at this point in the spacecraft pre-launch processing?

What GN&C testing can be performed on the launch pad? What are the specific limitations
to GN&C testing at this point in the spacecraft launch configuration?

If the fully tested flight ready GN&C subsystem hardware/software configuration is altered
what is the contractor’s approach for re-test?
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23.

24,

25.

26.

27.

When in the spacecraft DDT&E process will be the last test opportunity to ensure the GN&C
subsystem will perform its intended functions?

Are non-operational demonstration spacecraft test flights planned to fill gaps in ground test
capabilities and reduce risk to the future operational missions?

If no demonstration test flights are planned, are there early on-orbit tests that can be
performed to fill gaps in ground testing before proceeding into the spacecraft’s operation
phases?

Has the contractor developed, prior to launch, a list that defines the minimum set of on-orbit
GN&C tests that must successfully be completed prior to a given mission critical event in
order to validate on-orbit readiness to perform that mission critical event (e.g., the successful
accomplishment of inertial sensor calibrations and alignments prior to the trans-lunar
injection burn)?

Have the GN&C FSW maintenance procedures, including real-time code patches, been
demonstrated using flight-like communications links?
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GN&C Best Practice #18

Plan and conduct true end-to-end sensors-to-actuators polarity tests in all flight hardware/
software configurations, including all flight harnesses/data paths, consistent with the “Test As
You Fly” philosophy. Resolve all test anomalies.

Discussion:

Spacecraft use many GN&C components that can be easily reversed during installation. There
have been many serious on-orbit problems, some leading to total mission failure, due to
inadequate verification of signal phasing or polarity. Both component-level and end-to-end
phasing tests are necessary to ensure correct operation. All GN&C sensors and actuators must
undergo end-to-end phasing/polarity testing after spacecraft integration. The tests must be
conducted using the same physical configuration and operational modes that will be used in
flight.

Mission and/or Lesson Learned Linkages:

e Appendix A: TIMED, Terriers

e Aerospace LL #53, 97

e GSFC GOLD Rules #1.07, #1.33

e NASA LLIS #0194, 0281, 0288, 0310, 0345, 0383, 0390, 0403, 0726, 1370

Relevant Questions:

1. Do the photographs of the sensors and actuators show that they are mounted in the same
positions and orientations with respect to the spacecraft coordinate frame during polarity tests
as they will be in flight?

2. s reorientation due to deployment properly taken into account for any of the GN&C
components that are mounted on deployable structures such as solar arrays?

3. Were any special non-flight test cables or data paths used in the ground tests?

4. Were the tests conducted in all GN&C operating modes that will be used in flight? Was the
operation of all switches and/or relays properly accounted for?

5. Did the test plan include a detailed list of the expected results? Were all deviations from the
expected results thoroughly investigated and accounted for?

6. If any modifications were made either to the equipment or operational procedures as a result
of the test are they properly documented? Were the tests that had been performed prior to the
modifications repeated, or were they simply reviewed? How are configuration changes
tracked?

7. Are there provisions in the FSW code and/or database to correct any polarity problems that
might show up on orbit?
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GN&C Best Practice #19

Plan and conduct sufficient GN&C HITL testing to verify proper and expected hardware and
software interactions in all operational modes, during mode transitions, and in all mission-
critical events.

Discussion:

The handover of control between redundant components or entire control systems, such as when
mode switches occur, must be unambiguous. It may be desired to use the information about the
end states of one control configuration as inputs for the initial states of the new configuration.
However, once the handover is enabled, the new configuration must be completely in control and
the former configuration must have no further effect on control. Conflict between control
configurations can result in loss of control. All handovers must be tested in the flight
configuration of the hardware and software to verify that the handovers are unambiguous.

In the past, engineering models for hardware and software test verification proved extremely
valuable in closing the simulation/analysis loop.

Mission and/or Lesson Learned Linkages:

e Appendix A: Mars Polar Lander, Clementine, DART
e Aerospace LL #36, 53, 86

Relevant Questions:

1. Does the control system design rigorously control configuration, especially at
hardware/software interface? Can glitches in one unit propagate across interfaces?

2. Were all flight-critical software functions tested with flight cables and data system HITL?

Does the test plan include both nominal and anomalous operational scenarios? Are all
credible failure paths (e.g., part transients, latch-up, over-voltage, and EMI) included?

4. Did the tests include realistic switching to ensure a fail-safe transfer between redundant
components and/or controllers?

5. Are there test points or software code embedded in the design that are used only during test?
How are they disabled for flight?

6. Have non-flight engineering units (EUs) (also referred to as engineering models or EMs) of
the GN&C hardware elements been procured to support GN&C HITL testing?

7. To what extent will the actual GN&C flight hardware units be employed in HITL testing?

8. Has the cost/benefit analysis of using the GN&C flight hardware units versus procuring
EUsS/EMs been performed? Specifically, has the risk of potentially damaging the flight
hardware units during HITL testing been assessed and factored into the HITL planning?

9. If EUs/EMs will be used for testing, how will configuration control between flight and test
units be managed?

10. How will GN&C design idiosyncrasies found during HITL testing be documented and
addressed? How will the information on GN&C design idiosyncrasies be provided to the
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design team, the ground operations team and the crew who will perform the flight
operations?

11. Do the GN&C test planners understand the importance of creating and executing multiple
off-nominal HITL test cases to rigorously stress the integrated hardware/software GN&C
system in anomalous and contingency mission scenarios?
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GN&C Best Practice #20

Treat GN&C ground databases, uploads, ground application tools, command scripts/files, etc.,
with the same rigor and disciplined care used for the GN&C FSW code and data.

Discussion:

The engineers who initially conceive and design a GN&C system often do not stay with the
program through its entire life cycle. Consequently, the reasons behind the selection of certain
parameters or operational procedures may not be apparent to spacecraft operators at a later time.
Ad hoc changes in the databases or operational procedures can be fatal to the mission. Thorough
training and adherence to the established procedures for ground software/database configuration
management, documenting change history, version archiving, and peer review is essential for the
flight operations team.

Mission and/or Lesson Learned Linkages:

e Appendix A: RME, GFO

e Aerospace LL #3, 29, 43

Relevant Questions:

1. Are command scripts formally controlled?

2. What is the procedure for establishing yellow caution and red alarm telemetry monitor
limits? Is there an independent analysis of the values before flight?

3. What is the process to make changes in the databases?

4. Will the same GN&C command and telemetry system be used in I&T and for flight
operations?

Under what operational circumstances must a GN&C system design engineer be notified?

Is there a document describing the type and extent of GN&C training that is provided to the
flight operations team?

7. Does the GN&C System Design document explain in detail the rationale for the selection of
ACS parameters and operations procedures?
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GN&C Best Practice #21

Ensure that sufficient GN&C engineering telemetry data are down-linked to diagnose and
resolve anomalies, particularly during all mission-critical phases, including the early on-orbit
operational period when so many failures occur.

Discussion:

Anomalies occur in even the best of systems. The most important factor in resolving them is
getting access to the right telemetry data. Having good data greatly simplifies diagnosis of the
root cause of the anomaly and reduces the time required to correct it. The routine engineering
telemetry that is available for evaluating normal operations is often inadequate to help resolve
anomalies efficiently. Good diagnostic data typically includes many more variables and it is
sampled at a significantly higher rate. Plans for providing sufficient diagnostic telemetry should
be included in the initial designs of the GN&C and telemetry systems.

It is highly advisable to develop a set of ground displays for the GN&C engineers working
launch and/or mission operations that will allow problems to be identified and diagnosed
quickly. Ensure a dedicated real-time GN&C simulator is developed to allow these GN&C
engineers to realistically train and rehearse critical GN&C operations in the manner they expect
during launch and/or mission operations.

Mission and/or Lesson Learned Linkages:

e Appendix A: WIRE, ACRIM, Lewis
e Aerospace LL #53, 67
e NASA LLIS #0625

Relevant Questions:

1. What plans are in place to continue to add to the GN&C hardware and software performance
trend database that was collected during the 1&T phase with similar on-orbit trend data?

2. How many variables are in the telemetry lists for normal engineering data and diagnostic
data? How many spare data slots are available?

3. What are the sample rates for normal engineering data and diagnostic data?

4. What is the maximum angular velocity that the spacecraft might reach in the event of a
worst-case anomaly? Is the data rate for the diagnostic telemetry high enough, and the data
scaling appropriate, to unambiguously track the relevant parameters in that situation?

5. Is the diagnostic data taken and temporarily stored automatically or does high rate sampling
have to be enabled by a command? How much diagnostic data can be stored on-board?

6. What is the adaptive capability of the spacecraft’s telemetry system to capture non-routine
GN&C engineering data in support of anomaly resolution? In particular, does the
spacecraft’s telemetry system provide capabilities for adding new GN&C telemetry points,
collecting specific telemetry points (e.g., inertial sensor outputs) in a high data rate “dwell
mode” manner, and to re-scale selected telemetry data points?
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GN&.C Best Practice #22

Adhere to a “Train as They Fly” philosophy—Ensure that a dedicated real-time GN&C
simulator facility is developed and maintained to allow the crew to realistically train and
rehearse GN&C operations in the manner that they expect to actually fly the spacecraft.

Discussion:

From the early phases of Project Mercury through the Gemini and Apollo Programs, flight
simulators have been the key elements in the astronaut training programs. As the missions
progressed in complexity, the sophistication, number, and variety of simulators employed for
astronaut training were increased correspondingly.

As described in reference 39, it was necessary to evolve the fidelity of these crewed spacecraft
flight simulators to meet the escalating demands in crew training requirements. A review of the
historical record shows that the Apollo astronauts relied much more heavily on spacecraft
simulators than did the Gemini crews. Three sets of these simulators were developed—two at
Kennedy launch site in Florida and one at the Johnson Crewed Spacecraft Center in Houston—
modeled after the flight versions of the CM and the LM. The simulators, constantly being
changed to match the cabin layout of each individual spacecraft, were engineered to provide the
crew with all the sights, sounds, and movements they would encounter in actual flight. The
Apollo crews would require about 180 training hours in the CM simulator plus an additional 140
hours in the LM simulator. This represented about an 80% increase in simulator training time
compared with what the astronauts on the early Gemini flights had required.

Reference 39 points out that several key factors emerged during the Apollo Program as critical
and basic for providing adequate flight simulators for astronaut crew training. First among these
are high-fidelity crew stations, especially in the area of GN&C flight controls and displays.
Another was identified as the accurate simulation of the guidance computer and navigation
systems. Others included complete visual display systems for simulated out-the-window scenes
and certain moving-base simulators for high-fidelity training in particular portions of the
missions. The significance of each of these factors for new programs will depend to a large
degree on the mission objectives and requirements. One can unequivocally state however that
these spacecraft flight simulators, incorporating significant GN&C attributes in their design and
operations, will be vital in future CxP astronaut training.

Astronaut “hands-on” involvement in the design and development of the GN&C systems and
associated flight simulators is a must. Intensive training in a real-time functional simulator not
only trains the crew in the operational aspects of the GN&C system but it also permits the crew
to feedback information that will enhance safety, operational efficiency, and mission success.

The Astronaut crews are the ultimate “stake holders” of the GN&C design. Too often, the
designer implements a fully automatic implementation routinely used in uncrewed spacecraft.
Astronaut interchange to define needed critical display monitoring, mode sequencing with
intervention provisions, alternative procedures and abort provisions are extremely valuable.
Current technology enables many operations to be implemented automatically and sequenced as
nominally indicated in various mission phases. Methods to provide astronaut assessment of
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satisfactory performance and means to implement work around provisions should be a design
requirement.

In the Apollo Program, astronaut participation in both the CSM and LM implementation
meetings identified architectural mode enhancements as well as display and other monitoring
provisions. Use of mockups and realistic simulators enabled extensive crew training.
Understanding and familiarity with the functionality and operation of the GN&C system proved
invaluable in reestablishing operation of the system after a lightning strike during the Apollo 12
launch. Manual control provisions enabled the divert maneuver by Apollo 11 when the auto
selected landing site was observed as being hazardous.

Participation in mock up reviews facilitates the human engineering process and enhances the
design. Extensive real-time simulations were in place during Apollo and the Shuttle development
and fielding. The Shuttle program included a Shuttle Avionics Integration Laboratory (SAIL)
and Shuttle Motion Simulator (SMS) facility with real-time operation and cockpit set-up. The
SMS is used primarily for training and the SAIL is an engineering simulation that is open to
Astronaut participation.

The real-time spacecraft simulator would support GN&C/human interaction training for the crew
in normal and contingency operations of the GN&C subsystem. The crew would be able to refine
and practice GN&C operations and contingency procedures without using valuable spacecraft
time. The spacecraft simulator could also be used to validate GN&C command/telemetry data
flows between the spacecraft and the ground network.

The GN&C engineering models built into such a real-time simulator would also allow the Crew
to have input into GN&C/human interaction at an early design phase.

The GN&C simulator can be also used to support on-orbit operations, especially to checkout and
validate new GN&C contingency procedures. The ability to implement alternate operational
procedures and tests proved to be life-saving for Apollo 13.

Mission and/or Lesson Learned Linkages:
Reference 39

Relevant Questions:

1. Does the contractor intend to develop a real-time spacecraft-training simulator?

2. Are there special GN&C crew training requirements/needs? How will they be satisfied?
3. What will be the fidelity of the GN&C subsystem in such a simulator?
4

. What range of situations (nominal and off-nominal) was tested with crew in the loop to
ensure the design was robust?

5. Have GN&C contingency procedures been developed using the flight simulators that
exercise all aspects of the critical mission phases?

6. Based on simulator testing, what information is deemed essential to the crew’s real-time
understanding of the state of the vehicle(s)?

7. What information is deemed essential to crew’s understanding of the state of the automation?

8. How were the control mechanisms (e.g., hand controllers, keyboards, etc) identified and
chosen?
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Appendix A. Selected GN&C-Related Robotic Spacecraft Mishaps/Failures

The following Robotic Spacecraft Mishaps/Failures are discussed in this Appendix:
A-1. Explorer-1 (1958)

A-2. Mariner-10 (1973)

A-3. Viking Orbiter (1975)
A-4. Mars Observer (1993)
A-5. Landsat-6 (1993)

A-6. Clementine (1994)

A-7. Lewis (1997)

A-8. GeoSat Follow-On (1998)
A-9. TOMS-EP (1998)

A-10. NEAR (1998)

A-11. WIRE (1999)

A-12. Mars Climate Orbiter (1999)
A-13. Mars Polar Lander (1999)
A-14. ACRIMSat (1999)

A-15. Terriers (1999)

A-16. X-43A (2001)

A-17. TIMED Satellite (2001)
A-18. CONTOUR (2002)
A-19. AQUA (2002)

A-20. GENESIS (2004)

A-21. DART (2005)

Note: Findings and recommendations from the mishap and failure reports are used to support
the definition of several GN&C/ACS Engineering Best Practices.
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A-1. Explorer-1(1958)

Explorer-1 was the first U.S. artificial satellite. It was launched on January 31, 1958, on a
modified Jupiter-C rocket by the Army Ballistic Missile Agency. Explorer-1 was injected into an
orbit with a perigee of 224 miles and an apogee of 1,575 miles, having a period of 114.9 minutes.
Its total weight was 30.7 pounds, of which 18.4 pounds were science instrumentation. The
instrument section at the front of the satellite and the empty scaled-down Sergeant fourth-stage
rocket casing orbited as a single unit, spinning around its long axis (minimum inertia axis) at 750
rpm. As such, it was classified a simple spin-stabilized satellite. Once on-orbit, Explorer-1
experienced attitude instability problems. Designed to be spin-stabilized about its minimum
inertia axis, the vehicle was assumed to be inherently stable. This assumption was based upon
the well-known dynamic property that rotation of a rigid body about the maximum or the
minimum inertia axis is stable. The assumption that Explorer-1 was a rigid body was false.
Energy dissipation in a set of flexible wire whip telemetry antennas had a destabilizing effect on
the vehicle, and it eventually wound up in flat spin about its maximum moment of inertia axis.

A-2. Mariner-10 (1973)

As the Mariner 10 (MVM °73) vehicle was nearing its encounter with Venus, an uncontrolled
oscillation occurred due to spacecraft structural interaction with the ACS. The problem was first
detected during a platform calibration sequence, which required a series of roll turns using roll
gyroscope inertial control, and science scan platform motion. The result was a severe
consumption of control gas that would have caused mission failure had it continued. The
oscillation was due to a control instability exciting a structural mode of the spacecraft. The
primary cause of the resonance was attributed to the flexibility of the solar panels.

An investigation concluded that spacecraft structural dynamical interactions with the ACS can be
subtle and complex. The following recommendations were put forward as a result:
1. During the spacecraft design phase, consideration should be given to:

a. Increasing the amount of analysis on and simulation of structural / control interactions.

b. Placing additional or tighter controls on key parameters at interfaces between structures
and attitude control.

c. Establishing procedures for communicating key parameter data between subsystem
engineers and analysts, initially and when changed.

2. Insituations where there is significant uncertainty in simulations, models, or analysis results,
the spacecraft subsystem software should be designed to accommodate changes late in the
development, test, and post-launch periods. Techniques such as modular design and
parameter tables vs. hard coding should be considered.

3. The capability to cope with this type of anomaly, by analysis and simulation, should be
maintained throughout the mission.

Refer to NASA Public Lessons Learned Entry #0400 (Spacecraft Structure Dynamical
Interaction with Attitude Control) for the detailed background on this particular anomaly.
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A-3. Viking Orbiter (1975)

During pre-launch testing on the second Viking Orbiter (VO-2), a launch pad problem developed
involving the FSW program and the Reaction Control System thrusters. The flight software,
intended for use only after launch, contained within it a “safing sequence.” The intent of the
safing sequence was to automatically place the spacecraft in a safe state should some anomaly be
detected. The safing sequence included commands to enable the Reaction Control System (RCS)
and its thrusters.

In spite of procedural safeguards, a problem developed that inadvertently resulted in the issuance
of the safing sequence while VO-2 was still on the launch pad. This, in turn, enabled the RCS
thrusters. The ACS sensed the Earth’s rotation, causing the RCS thrusters to fire in an attempt to
compensate. Thruster firing continued until disabled by the test team, resulting in a significant
loss of N2 attitude control gas. The launch was conducted without replacing the lost gas, rather
than take the spacecraft down off the launch vehicle for replenishment. The safing sequence was
also inadvertently issued several times during system test, but no adverse consequences resulted.

An investigation into this ground anomaly concluded that “when command sequences are stored
on the spacecraft and intended to be exercised only in the event of abnormal spacecraft activity,
the consequences should be considered of their being issued during the system test or the pre-
launch phases.” Had the ability of the safing sequence to enable the thrusters been constrained in
some manner until after launch, for example, the VO °75 problem would not have occurred.

Refer to NASA Public Lessons Learned Entry # 0403 for the detailed background on this
particular anomaly.

A-4. Mars Observer (1993)

The MO spacecraft was to be the first U.S. spacecraft to study Mars since the Viking missions of
the mid-1970s. The MO fell silent on August 21, 1993, just 3 days prior to entering orbit around
Mars, following the pressurization of the vehicle’s propulsion subsystem. The MO utilized a bi-
propellant propulsion method that employed monomethy! hydrazine (MMH) as the fuel and
nitrogen tetroxide (NTO) as the oxidizer.

Because the telemetry transmitted from the Observer had been commanded off and subsequent
efforts to locate or communicate with the spacecraft failed, the MO failure investigation board
was unable to find conclusive evidence pointing to a particular event that caused the loss of the
spacecraft.

However, after extensive analyses, the board reported that the most probable cause of the loss of
communications with the spacecraft on August 21, 1993, was a rupture of the MMH fuel
pressurization side of the spacecraft’s propulsion system, resulting in a pressurized leak of
helium gas and liquid MMH under the spacecraft’s thermal blanket. The gas and liquid would
most likely have leaked out from under the blanket in an asymmetrical manner, resulting in a net
spin rate. This high spin rate would have caused the spacecraft to enter into “contingency mode,”
which interrupted the stored command sequence and thus did not turn the transmitter on.

Additionally, this high spin rate precluded proper orientation of the solar arrays, resulting in
discharge of the batteries. However, the spin effect may be academic, because the released MMH
would likely attack and damage critical electrical circuits within the spacecraft.

125



The board’s study concluded that the propulsion system failure most probably was caused by the
inadvertent mixing and the reaction of NTO and MMH within titanium pressurization tubing
during the helium pressurization of the fuel tanks. This reaction caused the tubing to rupture,
resulting in helium and MMH being released, thus forcing the spacecraft into a catastrophic spin
and also damaging critical electrical circuits.

Based on tests performed at JPL, the board concludes that an energetically significant amount of
NTO had gradually leaked through check valves and accumulated in the tubing during the
spacecraft’s 11-month flight to Mars.

In addition, the report listed other possible causes of the loss of the spacecraft as:

e Failure of the electrical power system, due to a regulated power bus short circuit.

e An over-pressurization of the NTO tank and subsequent rupture due to pressurization
regulator failure.

e The accidental high-speed ejection of a NASA standard initiator device from a pyrotechnic
valve into the MMH tank or other spacecraft system.

Among the other concerns noted by the investigation board were the following:

e A need to establish a policy to provide adequate telemetry data of all mission-critical events.

e Over-reliance on the heritage of spacecraft hardware, software and procedures for near-Earth
missions, which were fundamentally different from the interplanetary MO mission.

o Deficiencies in systems engineering/flight rules.

e The lack of post-assembly procedures for verifying the cleanliness and proper functioning of
the propellant pressurization system.

e A lack of understanding of the differences between the characteristics of ESA and NASA
pyro-initiators.

The JPL board that also investigated the MO loss added another potential failure scenario:

e Loss of function that prevented both the spacecraft’s main and backup computers from
controlling its attitude.

A-5. Landsat-6 (1993)

The Landsat-6 (L6) spacecraft was launched on 5 October 1993 on a two-stage Titan-11 booster
from Vandenberg Air Force Base (VAFB) in California. L6 was the sixth spacecraft in the
Landsat Program’s series of Earth remote sensing satellites. The L6 spacecraft never achieved
orbit following separation from the Titan-11 and was a total mission loss.

The Landsat-6 spacecraft design employed a STAR-37XFP solid rocket Apogee Kick Motor
(AKM) internal to the spacecraft to provide the last increment of orbital insertion velocity
needed for L6 to attain its 705 km circular polar mission orbit. This was a similar orbit insertion
strategy utilized many times before by the Landsat-6 spacecraft contractor on the Defense
Meteorological Satellite Program (DMSP) and Television Infrared Observation Satellite
(TIROS) military and civilian meteorological spacecraft. Effectively, with this insertion strategy,
the Landsat-6 carried its own third-stage propulsion internally (the AKM) accommodated within
the spacecraft along with the necessary ascent guidance software (AGS), which utilized inertial
sensor outputs from the on-board IMU. After separating from the launch vehicle, the AGS would
nominally serve to navigate and guide the L6 spacecraft into the nominal, or best available,
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mission orbit. The AGS software also included the attitude control logic needed to command the
pulsing of four 100-Ibf thrust reaction engine assembly (REA) hydrazine thrusters. These REAs
fired to produce sufficiently large control torques to counteract any de-stabilizing disturbance
torques generated by the firing of the solid-fueled AKM.

The entire Ascent Phase was planned to take 40 minutes, at which time the AGS would hand
over control of the spacecraft to the orbit mode software (OMS). Nominally, after AKM burn
completion, the REAs would perform a small final orbital velocity trim maneuver (if deemed
required by the AGS) and then be closed off for the mission duration. Shortly after that, the AGS
would hand over to the OMS, the spacecraft’s solar array would be deployed, and the rest of the
nominal early-orbit mission operations sequence would be initiated.

Throughout the Ascent Phase of the mission, all real-time telemetered data from the Titan-Il was
nominal. There was no Landsat-6 spacecraft real-time telemetry available during ascent. The L6
was radio silent during ascent because its telemetry transmitter operated on the same frequency
as the Titan-11 telemetry transmitter. The real-time launch vehicle telemetry was deemed to be of
the highest relative priority: so the Titan-I1 flew with its telemetry transmitter powered on while
the L6 spacecraft had its telemetry transmitter powered off.

An 8-month investigation was jointly performed by both the government (NOAA) and the
spacecraft contractor. The lack of any spacecraft telemetry from the Ascent Phase greatly
hampered the failure investigation. Data from the Titan-I1 telemetry and radar data from a
Moving Object Tracking Radar (MOTR) system at VAFB were extensively exploited to aid in
the determination of the L6 failure root cause.

Titan-11 telemetry data indicated that spacecraft separation from the booster occurred at the
nominal time and place. All expectations were that contact with the spacecraft would be
nominally established at the first ground station (Kiruna, Sweden) approximately 70 minutes
after launch. This first contact with Landsat-6 was never established, and subsequent attempts to
locate the spacecraft were futile. The inability to make contact with the Landsat-6 spacecraft,
coupled with reports from other assets indicating reentry events downrange from the observed
Titan-11 booster stage reentry, led to the conclusion that the spacecraft had not achieved orbit
following separation from the Titan-11.

The L6 failure investigation team concluded that the spacecraft experienced a rupture in its RCS
hydrazine manifold. This ruptured hydrazine manifold rendered the spacecraft’s REAs useless
because the propellant could not reach the engines. The function of the four 100-Ibf thrust REAs
was to provide pitch and yaw attitude control torques to adequately stabilize the spacecraft
during the firing of its solid-fueled AKM. The REAs were physically mounted at the four corners
of the L6 aft equipment compartment. They were placed and aligned symmetrically about the
spacecraft longitudinal mass centerline and symmetrically with respect to the nominal AKM
thrust centerline. As was the case with the heritage DMSP and TIROS spacecraft, roll axis
control toques would be provided by a set of low-thrust cold gas thrusters for complete three-axis
control during the L6 AKM burn.

To satisfy requirements for launch safety, the hydrazine propellant was physically isolated from
the REAs on the launch pad at liftoff and through most of the Ascent Phase by a set of two
normally closed pyrotechnic valves, or pyrovalves. These pyrovalves were located between the
tank holding the hydrazine monopropellant at a pressure of 420 psia and the REA engine
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manifold. At the liftoff of L6, the upstream hydrazine tank side of the RCS was held at 420 psia
and the downstream REA engine manifold side had only 16 psia inert helium gas. Nominally,
during the Ascent Phase, the downstream side helium gas was to be vented by dry-cycling the
REAs for 0.5 seconds just prior to the firing of the first pyrovalve. The two pyrovalves were
nominally to be fired in sequence, one second apart, allowing the hydrazine to flow downstream
from the tank to fill the REA engine manifold. Effectively, this meant the L6 spacecraft was
launched with its REAs in a dry state.

This was a change from the heritage DMSP and TIROS launch configurations in which the
REAs were not isolated from their hydrazine propellant tank and were in a wet state at liftoff. In
this state, the entire REA engine manifold is filled with hydrazine and the only step needed to
fire the REA to produce thrust is a valve “open” command. This wet REA pre-launch/liftoff RCS
configuration apparently satisfied the launch safety requirements levied upon the DMSP and the
TIROS heritage programs. Having the REAs in a wet state at liftoff did not satisfy the L6 launch
safety requirements. This represented another change for L6 with respect to the DMSP and
TIROS RCS heritage.

Lacking the control authority of the REAs to maintain stable attitude control, the spacecraft
entered an un-controlled tumble during the AKM firing event. Consequently, the spacecraft did
not accumulate a sufficient delta velocity from the AKM firing to attain an orbit about the Earth.
The spacecraft re-entered the atmosphere south of the equator approximately 30 minutes after
liftoff. The reentry of the spacecraft was validated by both a lack of a signal over the Kiruna
ground station and the observations of other nation assets.

The L6 failure investigation revealed that although similar to the heritage DMSP and TIROS
spacecraft designs, the L6 spacecraft required some mission-specific modifications to its RCS
design. These modifications altered the heritage of the RCS subsystem.

The heritage RCS used on DMSP and TIROS needed to perform only two functions: 1) control
spacecraft pitch and yaw attitude during the Ascent Phase, and 2) provide roll axis attitude
control torques during the Ascent Phase and high-authority (relative to the reaction wheels used
nominally) attitude control torques to remove any unexpected buildup of spacecraft momentum
due to off-nominal disturbance torques experienced during on-orbit operations. The 100-Ibf
hydrazine-fueled REAs were part of the heritage design and were included to perform the Ascent
Phase attitude control function. A set of eight 2-1bf cold gas nitrogen engine assembly thrusters
were also part of the heritage RCS design and were included to perform the ascent roll control
function and the on-orbit momentum management/disturbance torque control function.

However, unlike the heritage DMSP or TIROS missions, the L6 Earth remote sensing mission
requirements dictated that the spacecraft have a propulsive capability to perform orbit altitude
and orbit inclination maneuvers to precisely maintain the L6 ground track and equator crossing
time per the top-level LANDSAT program mission requirements. The resultant L6 RCS flight
hardware configuration therefore was modified to include a set of four 1-1bf hydrazine
monopropellant orbit adjust engine (OAE) thrusters to provide the Delta-V required for
maintaining the L6 orbit altitude and orbital inclination within the mission-level specified range.

Therefore the L6 RCS was an integrated system comprising both elements of the DMSP/TIROS
heritage RCS and the new OAE hydrazine thrusters. This represented yet another change for L6
with respect to the DMSP and TIROS RCS heritage.

128



Failure Investigation Ground Testing

As part of the failure investigation, the spacecraft contractor performed multiple ground tests:

RCS water hammer tests

Pyrovalve pyroshock tests

RCS system hydrazine adiabatic detonation/explosive decomposition tests
Hydrazine explosive decomposition at PV actuation

Hydrazine material compatibility tests

The body of test data generated provided the means to both postulate various scenarios for the
Landsat-6 failure and, in turn, critically evaluate those scenarios. These tests played a very
significant role in the failure investigation. The test data related to water hammer, adiabatic
detonation and hydrazine explosive decomposition PV actuation were obtained in a high fidelity
mock-up simulation of the flight RCS at the spacecraft contractor’s facility. The system was
extensively instrumented with high-frequency response pressure transducers capable of
accurately measuring the short-duration, high-magnitude pressure spikes that an analytical
transient flow model had predicted would occur.

A comprehensive program of RCS testing was conducted, using water first to measure the
magnitude and location of the water hammer pressure spikes, then using hydrazine to see if the
adiabatic compression (and therefore heating) by these pressure spikes of the helium gas in the
lines was sufficient to cause the hydrazine to ignite and explode (adiabatic detonation). In most
of the tests, rapid-acting electro-mechanical valves were used to simulate the pyrotechnic valves
used in flight. This was done because of the quick turn-around time from test to test and because
of the limited supply of pyrovalves.

However, the last series of ground tests, using hydrazine as the fluid, employed pyrovalves.
These RCS mock-up tests were conducted following exactly the sequence employed during the
L6 Ascent Phase. Specifically, the manifold from the tanks to the pyrovalves (PV-1 and PV-2)
were filled with 420 psia water or hydrazine, while the manifold downstream of the valves to the
REA thrusters were filled with 16 psia gaseous helium, simulating conditions from liftoff to
beginning of the helium venting. Each test began with the 0.5 second venting of the downstream
helium gas to vacuum through the simulated REAs and upon closing the REA valves,
simultaneously firing PV-1, which released the 420 psia liquid into the now low pressure (1.7
psia) helium filled manifold (assuming PV-1 has functioned nominally). The liquid would get to
the downstream side of PV-2 rapidly in these tests as all the other lines continued to fill, with
short duration pressure spikes created at all the dead ends. PV-2 thus had hydrazine fuel on both
sides of it before it was activated (i.e., fired) to open 1 second after the nominal firing of PV-1.

In one of these RCS mock-up ground tests (Test #11), a detonation event was produced.
L6 Failure Investigation Board (FIB) Conclusions & Recommendations

1. The L6 spacecraft experienced a ruptured hydrazine manifold. The ruptured manifold
rendered the spacecraft’s REA attitude control thrusters useless because fuel could not reach
the engines. The failure first manifested as a large shock signature sensed by the booster
instrumentation package, then as a low separation velocity between the Titan-I1 booster
second stage and the L6 spacecraft, and finally as an inability to maintain attitude control
during the AKM burn. As a consequence of tumbling during the AKM burn, the spacecraft
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did not accumulate sufficient energy to attain orbit and instead reentered the atmosphere
south of the equator, roughly 1808 seconds after liftoff. This conclusion is validated by the
lack of Landsat signal acquisition at the Kiruna, Sweden, ground station and the observations
of other national assets. The AKM burn itself was accepted as having occurred because of
trajectory analysis linking the nominal trajectory with the reported/observed re-entry of L6.

The propulsion system conditions ground-tested during the failure investigation were shown
to be capable of producing an explosive event of sufficient severity to rupture the pyrovalve
manifold. An 8:1 relative difference between the shocks measured by booster accelerometers
at PV-l actuation and PV-2 actuation have not been adequately explained by valve-to-valve
variability or differences in the mounting of the pyrovalves to the spacecraft structure. The
force of an explosion at PV-2 actuation could account for the difference.

. A rupture of the 1/2-inch fuel lines at the PV-2 location was shown by analysis to be capable
of reducing the fuel pressure at the REAs to virtually zero. Post-flight RCS mock-up ground
testing (Test #11) was able to produce a detonation event. The pressure transducers at the
REA locations in this ground test confirmed that there was no residual pressure in the
manifold downstream of the rupture immediately after the RCS mock-up Test #11 detonation
event. The loss of fuel pressure prior to commanding the REAS to perform the 5-second
separation burn would account for the absence of substantial separation velocity as measured
by booster accelerometers and ground tracking assets.

It is probable that the exact conditions of the fluid flowing around bends and past tees
influences the amount of hydrazine frothing and the relative position of the compressed
helium bubble with respect to PV-2. These non-repeatable processes could account for the
lack of an explosion during one of the post-flight RCS mock-up ground tests (Test #13). It
should also be noted that the fuel temperature for ground Test #11 (where a detonation event
occurred) was 71 °F and the fuel temperature for ground Test #13 (no detonation) was 52 °F.
It is possible that the difference in fuel temperatures contributed to the variability of the
results obtained.

The investigators concluded that conditions existed that could have resulted in an explosive
event at PV-2 actuation. It is not unreasonable to expect that such an explosive event
occurred at PV-2 actuation during the Landsat-6 flight. The explosion would account for the
high shock signature measured by the booster accelerometers and the lack of separation
velocity. The resulting inability to provide control authority during AKM burn would explain
the failure of the Landsat-6 spacecraft to achieve orbit.

The Joint L-6 FIB stated that it was beyond the scope of their task to investigate the
mechanics of how the explosion occurred or which parameters are critical to preventing such
explosions. It is reasonable to conclude that the Landsat-6 failure was due to an explosive
event in the hydrazine system caused by conditions not previously reported to be capable of
triggering adiabatic compression induced detonation of hydrazine.

The FIB made recommendations to be applied to future projects. Their stated intention was a
maximum emphasis on the lessons learned from the loss of L6 and, with this intention, provided
the following suggestions for improvements in testing and modeling a hydrazine fuel system and
offer possible approaches for dissemination of lessons learned. Recommendations were made in
three separate areas:
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e Testing — Any newly designed hydrazine fuel feed system should be tested extensively. The
test model should incorporate the actual flight sequences and flight equipment built to the
flight drawings. This methodology may be the only way to mitigate the risk inherently
incurred by the variability of the detonation controlling parameters. The test program should
include more than one test using the planned flight sequence, flight, or flight-type
components and the planned fuel at the expected environmental extremes. Particular attention
should be given to the qualification and application of normally closed pyrovalves.

e Models and Research — During the system design phase, it is necessary to create models that
closely resemble the flight system. The design team should perform sensitivity analysis to
various parameters and predict test results. They must verify the flow regimes in each line
and check for cavitation and water hammer pressures above 100 psi. The system must be
designed so that gas-liquid phase interfaces are not trapped near any pyrovalves when they
are actuated.

A task force should be formed to address the best methodology for determining the
parameters that designers must control to provide safe and failure-flee hydrazine feed
systems. The task force should enlist membership from government, industry technical staff,
and academia. Once the task force issues its recommendations for the research tasks, a
funding profile should be established among the corporations and government agencies that
will benefit from these results. All test results should be openly shared within the aerospace
community.

e Launch — Although not related to the root cause of the Landsat-6 failure, implementation of
the following recommendations would aid in the investigation of future launch or mission
anomalies regardless of cause. Neither the booster vehicle nor satellite vehicle should be
launched without telemetry active from liftoff to mission completion. Appropriate ground or
aircraft telemetry receivers should be deployed to receive data for all critical events.

The details of the Landsat-6 failure investigation are contained in LS-6 Failure Investigation
Final Report Summary from January 1995 [ref. 65].

A-6. Clementine (1994)

Clementine was a relatively low-cost mission with a primary objective of demonstrating
emerging spacecraft technologies. The spacecraft design included several advanced technology
innovations thought likely to have high payoff when applied to future small spacecraft missions.
As a secondary objective, Clementine was designed to carry a limited suite of scientific
instruments to survey the Moon and to fly past an asteroid.

The Clementine spacecraft was designed and developed using an acquisition and management
philosophy similar to NASA’s FBC approach being used at this time. Following a 22-month
development phase, Clementine was launched in late January 1994 and operated by the Ballistic
Missile Defense Organization within the DoD. Note that the Clementine spacecraft was the first
U.S. space vehicle to depart the Earth’s vicinity and fly to the Moon and beyond that was not
managed or operated by NASA.

An unanticipated GN&C/fight software interaction caused the flight computer to “freeze,”
resulting in an uncontrollable spacecraft spin-up. This anomaly occurred after Clementine left
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lunar orbit. A malfunction in one of the on-board computers caused a thruster to fire until it had
used up all of its fuel, leaving the spacecraft spinning at about 80 rpm with no spin control.

A-7. Lewis (1997)

The Lewis spacecraft was procured by NASA via a 1994 contract with TRW Inc. as part of
NASA’s Small Satellite Technology Initiative (SSTI) Program. The SSTI Program was intended
to validate a new approach to the acquisition and management of spacecraft systems by NASA.
This effort was to use a new approach of FBC acquisition and management by NASA and the
contractor. This provided for minimal government oversight in the implementation of the effort
and shifted a larger responsibility to the contractor than was standard at that time. The concept
was to implement the program using integrated product development teams that included
members from industry, the science community, academia, and the government. The stated
objectives were to reduce costs and development time of spacecraft for science mission
applications. Specifically, the program was to demonstrate new small satellite design and
qualification methods.

The Lewis spacecraft was launched on August 23, 1997. Contact with the spacecraft was
subsequently lost on August 26, 1997. The spacecraft re-entered the atmosphere and was
destroyed on September 28, 1997.

The FIB found that the loss of the Lewis spacecraft was the direct result of an implementation of
a technically flawed ACS safe mode. This error was made fatal to the spacecraft by the reliance
on the unproven safe mode by the on-orbit operations team and by the failure to adequately
monitor spacecraft health and safety during the critical initial mission phase.

Specifically, the FIB concluded, the Lewis spacecraft had both a flawed ACS design and
simulation.

Flawed ACS Design. The safe mode was required by TRW specification to maintain the
spacecraft in a safe, power-positive orientation. This mode was to drive the solar panels to a
predetermined clock position, to orient the spacecraft intermediate axis (the x-axis) toward the
Sun and to maintain that orientation autonomously using thruster firings without ground station
intervention for a minimum of 72 hours in mission (523 km altitude) orbit. This was
implemented using a single two-axis gyroscope that was unable to sense rate about the x-axis.
Therefore, when the spacecraft tried to maintain attitude control, a small imbalance, perhaps in
thruster response, caused the spacecraft to spin up around the not-sensed x-axis. Because the spin
was about an intermediate axis, the spin momentum started to transfer into the controlled
principal axis (z-axis), causing the thrusters to fire excessively in an attempt to maintain control.
The ACS processor was programmed to shut down the control system if excessive firings
occurred. When both the A-side and the B-side thrusters had been shut down sequentially, the
spin momentum that had been built-up in the intermediate (x) axis transferred into the principal
(2) axis. This had the effect of rotating the spacecraft up to 90° in inertial space, causing the solar
arrays to be pointed nearly edge-on to the Sun. The spacecraft then drained its battery at a
significantly fast rate because of the power subsystem and thermal subsystem safe mode design.

Flawed ACS Simulation. The operations crew, relying on the ACS safe mode as validated by
simulation, allowed the spacecraft to go untended for a 12-hour period. This reliance was ill-
founded, because the simulation used to validate the ACS Safe Mode was flawed. The ACS
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design heritage was initially based on the proven Total Ozone Mapping Spectrometer (TOMS)
design. The expected system performance was analyzed using tools developed for the TOMS
program. In fact, the Lewis control subsystem design was significantly more complex than
TOMS because the Lewis spacecraft aligned its x-axis (intermediate/unstable), rather than its z-
axis (principal/stable) of inertia toward the Sun in safe mode. When a Lewis design modified
version of the TOMS simulation was run, neither a thruster imbalance nor an initial (albeit small)
spin rate about the intermediate (roll) axis was modeled. The simulation was run for about twice
the 72-hour requirement and demonstrated stability under the programmed conditions. An
additional factor was that the simulation was done using mission mode parameters, not low-Earth
transfer mode parameters representing the condition the spacecraft was actually in at the time of
these operations. The mission mode represented a more stable attitude control condition.

Because of the programmatic experimental nature of the SSTI Program, the FIB was also tasked
to review and assess the Lewis spacecraft acquisition and management processes to determine if
they may have contributed to the failure. The FIB discovered numerous other factors that
contributed to the environment that allowed the direct causes of the Lewis failure to occur. While
the direct causes were the most visible reasons for the failure, the FIB concluded that the indirect
causes were also significant. Many of these factors were attributed to a lack of a mutual
understanding between the contractor and the government on fundamental programmatic and
technical elements of the FBC acquisition/management approach. The following list of indirect
contributors are to be taken in the context that the Lewis project was implemented under
NASA’s FBC model of system acquisition:

e Requirement changes without adequate resource adjustment.
e Cost and schedule pressures.

Program Office move.

Inadequate ground station availability for initial operations.
Frequent key personnel changes.

Inadequate engineering discipline.

Inadequate management discipline.

The details of the Lewis failure investigation are contained in the Lewis FIB Report (1998).

A-8. GeoSat Follow-On (1998)

The GEOSAT Follow-On (GFO) program is the Navy’s initiative to develop an operational
series of radar altimeter satellites to maintain continuous ocean observation from the GEOSAT
Exact Repeat Orbit. GFO is the follow-on to the highly successful GEOSAT-A. GFO is a 370 kg
satellite that is three-axis stabilized with momentum wheels. It has a single solar array with one-
axis articulation and hydrazine thrusters for orbit maintenance.

The spacecraft was launched on February 10, 1998, on a Taurus launch vehicle. The spacecraft
tumbled instead of achieving the correct attitude. An analysis of early on-orbit spacecraft
telemetry led the ground operation team to conclude that there was a polarity (sign) error in the
ACS attitude control loop. This ACS polarity error was corrected via a simple and straight-
forward uplinking of modified ACS control loop parameters in a FSWdata table. The satellite’s
attitude recovered within a few orbits and it was properly Sun-pointing within 0.02° with attitude
rates of less than 0.006 °/s.
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In addition to the ACS polarity problem described above the GFO also experienced some initial
spacecraft hardware problems. There were problems with on-board flight computer resets, and
the GPS receivers failed. With the failure of the GPS receivers, the primary means of both orbit
determination and precision time tagging of the mission data were lost. A ground approach for
time tagging the data was developed and implemented by June 1999. The computer reset
problems were resolved in November 1999. On November 29, 2000, the Navy accepted the
satellite as operational.

A-9. TOMS-EP (1998)

The Total Ozone Mapping Spectrometer-Earth Probe (TOMS-EP) is a NASA/GSFC science
mission performing long-term daily mapping of the global distribution of Earth’s atmospheric
ozone layer.

TOMS-EP was launched into low-Earth orbit on a Pegasus XL booster on July 2, 1996. The
spacecraft executed a series of Delta V burns to reach a 500 km circular Sun-synchronous
mission orbit with an ascending node mean local time crossing of 11:18 AM. The data obtained
from TOMS-EP were originally intended to complement science data taken from the ADEQOS
TOMS, which gave complete equatorial coverage due to its higher orbit. With the failure of
ADEOS in June 1997, the orbit of TOMS-EP was boosted to 740 km and circularized to provide
coverage that is almost daily.

On December 13, 1998. TOM-EP experienced a single event upset that caused the system to
reconfigure and enter safe mode. This incident occurred 2.5 years after the launch of the
spacecraft, which was designed for a two-year life. A combination of factors, including changes
in component behavior due to age and extended use, unfortunate initial conditions, and the safe
mode processing logic, prevented the spacecraft from entering its nominal long-term storage
mode. The spacecraft remained in a high fuel consumption mode designed for temporary use. By
the time the onboard fuel was exhausted, the spacecraft was Sun-pointing in a high-rate flat spin.

Although the uncontrolled spacecraft was initially in a power and thermal-safe orientation, it
would not stay in this state indefinitely due to a slow precession of its momentum vector. A
recovery team was assembled to determine if there was time to develop a method of de-spinning
the vehicle and return it to normal science data collection. A three-stage plan was developed that
used the onboard magnetic torque rods as actuators. The first stage was designed to reduce the
high spin rate to within the linear range of the gyroscopes. The second stage transitioned the
spacecraft from Sun-pointing to orbit-reference-pointing. The final stage returned the spacecraft
to normal science operation. The entire recovery scenario was simulated with a wide range of
initial conditions to establish the expected behavior. The recovery sequence was started on
December 28, 1998, and completed by December 31. TOMS-EP was successfully returned to
science operations by the beginning of 1999.

Additionally, CSS wiring and magnetic control loop phasing issues were found during early orbit
checkout and corrected.

A-10. NEAR (1998)

The Near Earth Asteroid Rendezvous (NEAR) was designed to study the near Earth asteroid
Eros from close orbit over a period of a year. NEAR was successfully launched February 17,
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1996, to start its planned three-year cruise phase towards Eros. The spacecraft employed
extensive autonomy because the round trip communication link (speed of light) time was up to
40 minutes long thereby precluding ground intervention during an emergency. As it approached
Eros on December 20, 1998, the spacecraft began the first and largest of a series of rendezvous
burns required for capture into orbit around the asteroid.

Almost immediately after the main engine ignited, the burn aborted, demoting the spacecraft into
safe mode. Less than a minute later the spacecraft began an anomalous series of attitude motions,
and communications were lost for the next 27 hours. Onboard autonomy eventually recovered
and stabilized the spacecraft in its lowest safe mode (Sun-safe mode). However, in the process
NEAR had performed 15 autonomous momentum dumps, fired its thrusters thousands of times,
and consumed 29 kg of fuel (equivalent to about 96 meters/second in lost Delta-V capability).
The reduced solar array output during periods of uncontrolled attitude ultimately led to a low-
voltage shutdown in which the solid-state recorder was powered off and its stored spacecraft
housekeeping telemetry data lost.

After reacquisition, NEAR was commanded to a contingency plan and took images of Eros as
the spacecraft flew past the asteroid on December 23. A new burn was planned and executed on
January 3, 1999, which would permit a second chance for rendezvous with Eros. The makeup
burn placed NEAR on a trajectory to rendezvous with Eros on February 14, 2000, 13 months
later than originally planned. The remaining fuel would be sufficient to carry out the original
NEAR mission, but with little or no margin.

The cause of the abort itself was determined within 2 days of the event: the main engine’s

normal start-up transient exceeded a lateral acceleration safety threshold that was set too low.
Compounding this error was a missing command in the onboard burn-abort contingency
command script; this script error started the attitude anomaly. Fault protection software onboard
NEAR correctly identified the problem and took the designed preprogrammed actions. While the
fault protection actions did prevent complete battery discharge before the spacecraft recovered its
proper Sun-facing orientation, they failed to prevent, and possibly exacerbated, the protracted
recovery sequence.

The initial script error was not caught during software tests. Hardware-in-the-loop simulation
could not test abort scenarios because the brassboards were difficult to use. Lacking a zero-
gravity environment, a wrap-around simulation with a “truth model” is the only way to test a
GN&C system. This requires meticulous attention to modeling of physical phenomena. The
NEAR truth model was written by the flight team and mirrored all the incorrect physical models
used to design the spacecraft GN&C algorithms. Although NEAR had a so-called independent
V&V (IV&V) team for GN&C, the flight team gave them all the models. Consequently, there
was no independence between the flight algorithms and the truth models used by either the
design team or the V&V team.

Exactly how the anomalies propagated is unclear because a bus undervoltage wiped out data
from the recorder, nor could the anomalous behaviors be reproduced on ground. During the
emergency, the spacecraft fired its thrusters thousands of times. Fortunately, the fuel loss was
tolerable because the thrusters were hardwired to fire for only fractions of a second. The mission
was saved because the designers had added a watchdog timer to protect against fuel depletion
during a software crash, a lesson learned from a previous deep space mission failure
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(Clementine). NEAR went on to become the first spacecraft to orbit an asteroid, and the mission
ended with a landing on Eros on February 12, 2001.

A-11. Wide-Field Infrared Explorer (1999)

WIRE, the fifth spacecraft developed under NASA’s Small Explorers (SMEX) was launched
into orbit on March 4, 1999, by a Pegasus XL booster. The WIRE ACS was a three-axis
magnetic control system using a three-axis magnetometer for attitude sensing and a set of torque
rods for control actuators.

The WIRE science instrument was designed to use a two-stage solid-hydrogen cryostat to keep
its detector cooled to below 13 K throughout the primary mission phase. The cryostat was
equipped to vent hydrogen “boiloff”” gas from each of stages. The WIRE cryostat’s secondary
stage, given its predicted larger boiloff gas flow, was to be vented through a thrust nullifier
device. This device is simply a matched pair of vents in a “tee” configuration designed to
minimize the force and torque disturbances acting on the vehicle by releasing equal amounts of
boiloff gas in opposite directions. However, the WIRE cryostat’s primary stage simply used a
simple open pipe as a boiloff vent.

Mission safety requirements dictated closing the cryogen boiloff vents during launch operations.
Mission designers recognized, however, that the prompt opening of these vents was required
shortly after launch to preclude over-pressure conditions within the cryostat dewar. This was
necessary to vent the accumulated hydrogen that would have sublimated during the launch
process. To accomplish this, real-time commands were transmitted early in WIRE’s first ground
contact to open the cryostat secondary stage vent. The primary stage vent was then opened a few
minutes later via an on-board stored command. Non-reversible thermal actuators, under the
control of the instrument pyro-controller unit, were used to open both vents.

Consistent with the way many space platforms operate in LEO, the WIRE did not have
continuous real-time command and telemetry contact with its ground operations team. Contact
with the WIRE spacecraft was to be made through a series of typically short (a few minutes
each) passes overhead via a specific ground tracking station in a network of multiple globally
distributed stations. The early-orbit operations concept dictated that the WIRE spacecraft, which
was not equipped to use the Tracking and Data Relay Satellite System (TDRSS) for near-
continuous contact, would nominally make real-time contact with ground stations for an average
of 9 out of every 48 minutes. When certain ground stations were not available, this real-time
contact time was reduced to 9 out of every 96 minutes. Stored spacecraft telemetry was to be
downlinked at each ground contact, but this recorded data, which captures the vehicle’s state of
health between real-time contacts, would not be available to ground controllers until several
hours into the mission.

The science instrument design also employed an ejectable shield over the telescope aperture to
provide radiation and thermal protection. This shield’s function was to minimize heat transfer
into the instrument during early orbit operations, when the instrument would not otherwise be
adequately isolated from the Earth albedo or sunlight. Nominally the shield was to have been
ejected after successful three-axis attitude acquisition, also using non-reversible pyrotechnic
actuators fired by the same instrument pyro-controller unit that commanded the vents open, on
the third day of the mission.
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Prior to the commanded opening of the secondary vent, the WIRE spacecraft dynamic behavior
began to depart from nominal predictions. During the first ground contact, commands were
transmitted per the mission plan to vent the cryostat hydrogen tank. Some spacecraft body axis
angular rates were observed by the end of the 10-minute pass, but they were expected because of
the tipoff dynamics from booster separation event and possibly the small amount of venting from
the cryostat after the vent was opened. These angular tipoff angular rates were actively being
nulled, and this was indicative of nominal ACS operation

However, at the next ground pass the spacecraft was observed to be tumbling at high rates. A
review of stored telemetry showed the WIRE vehicle had experienced a continuous increase in
spin rates between ground contacts. This increase in spin rates was neither predicted nor
understood. At this point, the source of the disturbance toque producing the spin rate was
unknown to ground controllers.

With the spacecraft in an uncontrolled tumble, the science instrument telescope, which at this
point should have been pointed only to cold deep space, was most likely exposed to unexpected
thermal inputs from Earth and Sun intrusions. Given this unanticipated situation where thermally
hot objects were transiting through the unshielded telescope field of view, the heat load input
rapidly sublimated the hydrogen cryogen. Analysis performed as part of the failure investigation
indicated that the rapidly venting boiloff gas produced an average disturbance over five times the
torque authority of the magnetic torque rod control actuators.

Ground controllers were able to verify proper input/output operation of the magnetic ACS, but it
lacked sufficient control authority to dampen the spacecraft’s tumble rates. Within 36 hours of
launch, the instrument’s four-month supply of cryogen was completely exhausted and the
instrument detector was probably damaged by exposure to direct sunlight. At the end of the
venting, the spacecraft was left spinning at about 53 rpm around the major moment of inertia
axis (the body-X axis), with this axis pointing roughly inertial south. In this vehicle orientation,
the solar array photovoltaic cells were illuminated by the Sun during half of each spin cycle and
the spacecraft could be placed in a power positive configuration. This favorable situation
permitted the ground operations team the opportunity to recover control of the vehicle after the
cryogen was exhausted and the disturbance torque on the vehicle due to the boiloff gas venting
ceased.

During the next five days, the spacecraft rates were damped using the digital form of the
acquisition controller (the safehold mode) with only the Y and Z magnetic torquer bar rate
damping terms enabled. Once the spacecraft spin rate had fallen to a low-enough value on
March 11, the spacecraft was subsequently transitioned its normal on-orbit ACS mode on March
15. Throughout this process, the all spacecraft systems performed as expected. The WIRE
spacecraft ultimately was put to use as an on-orbit engineering testbed.

The WIRE FIB concluded there was no failure of any one component that caused the WIRE
mission failure, but rather a series of design and process mistakes. The FIB pointed to two basic
mistakes: the root cause that started the series of events that led to WIRE’s failure and a design
flaw that allowed it to propagate. As usual in major failures, there were numerous contributing
causes.
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Root Cause: Instrument Pyro-Controller Electronics Unit

The root cause was determined to be a digital logic design error in the instrument pyro controller
electronics unit. The box design was not well understood. This was especially true of the
oscillator and field programmable gate array (FPGA) components start-up characteristics. When
28V power was applied to the pyro electronics box, a supposedly innocuous event, a 22A
transient pulse was generated during the meta-stable state power-up region of the FPGAs and
oscillator. The failure investigation revealed that as soon as the instrument pyro-controller box
was powered up, it commanded all the actuators under its control to fire simultaneously for about
2 milliseconds, instead of according to the pre-programmed sequence. The effect was to arm and
fire the vent actuators as well as the shield actuators, thus releasing the shield. This caused
ejection of the instrument shield and the opening of at least one cryogen vent in the process. The
primary vent may not have been opened at the time, since its thermal actuator takes longer to fire
than the pyrotechnic actuators used to eject the shield. The shield was not intended for release
until much later, when the spacecraft was stable and pointing at the correct target in cold deep
space. The separation of the shield at this stage of the mission was independently confirmed by
NORAD when it observed, starting between the first and second ground passes, multiple objects
in the vicinity of the WIRE spacecraft.

Propagating Cause: Vent Design and Location

The cryogenic system had a correctly designed boiloff vent using a tee. This should have ensured
that no torques were imparted to the spacecraft when the cryogen was vented, no matter what the
vent rate was. However, the vent was improperly oriented such that on one side the cryogen
boiloff gas flow impacted some spacecraft structure. The tee exit had been placed as close as
possible to the exit point on the cryostat to minimize the pressure, and therefore the temperature,
inside the cryostat secondary tank. This had the effect of providing a large unbalanced torque on
the spacecraft during the high vent rates, causing the rapid tumble. A low vent rate, which was
expected, would not have caused this problem. The vent design and location were not reviewed
because they were done after the cryostat was built and delivered. The potential design problem
was observed, but based on the expected low vent rates, the project saw no need to change the
design just a few months before launch.

The project had made the connection early in the WIRE design cycle between the loss of cryogen
and the reduction of mission life. It was known that if the spacecraft pointed at the Earth without
the instrument shield it would lose a day of mission life for every hour the spacecraft tumbled.
Therefore, a major driver in the ACS design was to keep WIRE out of that condition.
Additionally, there was a specification on the ACS to control the spacecraft for nominal cryogen
venting disturbance. However, the connection between the two was never made. That is to say,
the loss of a day’s worth of cryogen per hour meant a vent rate that would be 24 times the
nominal vent rate. Even knowledge of the high vent rate might not have changed the design of
the ACS. A magnetic torquing system is generally not robust compared to a high thrust cold gas
system. It might not have been practical to change the design. However, had this connection been
made, more attention might have been paid to the vent design and impingement issue. The ACS
was probably designed to handle any imbalances between well-balanced tee vents. The worst-
case venting scenario was not considered.

For failure investigation details, refer to the WIRE MIB Report (1999).

138



A-12. Mars Climate Orbiter (1999)

The MCO mission objective was to orbit Mars as the first interplanetary weather satellite and
provide a communications relay for the MPL, which was due to reach Mars in December 1999.
The MCO spacecraft was launched on December 11, 1998, atop a Delta Il launch vehicle from
Cape Canaveral Air Force Station, Florida. Nine and a half months after launch, in September
1999, the spacecraft was to fire its main engine to achieve an elliptical orbit around Mars. It then
was to skim through Mars’ upper atmosphere, performing an aerobraking maneuver for several
weeks to transition into a low circular orbit. Friction against the spacecraft’s single 5.5-meter
solar array was to have lowered the spacecraft altitude as it dipped into the atmosphere, reducing
its orbital period from more than 14 hours to 2 hours.

On September 23, 1999, the MCO was lost when it entered the Martian atmosphere on a lower
than expected trajectory. The actual loss of the spacecraft occurred following the spacecraft’s
entry into Mars occultation during its Mars Orbit Insertion (MOI) maneuver.

The MCO MIB determined that the root cause for the loss of the MCO spacecraft was the failure
to use metric units in the coding of a ground software file, SM_FORCES (small forces), used in
trajectory models. Specifically, thruster performance data in English units instead of metric units
were used in the software application code. A file called Angular Momentum Desaturation
(AMD) contained the output data from the SM_FORCES software. The data were required to be
in metric units per existing software interface documentation, and the trajectory modelers
assumed the data met the requirements.

During the nine-month journey from Earth to Mars, propulsion maneuvers were periodically
performed to remove the accumulated angular momentum buildup in the on-board reaction
wheels. These AMD events occurred 10-14 times more often than expected by the operations
navigation team. This was because the MCO solar array was asymmetrical relative to the
spacecraft body as compared to Mars Global Surveyor (MGS), which had symmetrical solar
arrays. This asymmetric effect significantly increased the solar pressure-induced momentum
buildup on the spacecraft. The increased AMD events, coupled with the fact that the angular
momentum (impulse) data were in English rather than metric units, introduced small errors in the
trajectory estimate over the course of the nine-month journey.

At the time of Mars insertion, the spacecraft trajectory was approximately 170 kilometers lower
than planned. As a result, MCO was either destroyed in the atmosphere or re-entered heliocentric
space after leaving Mars’ atmosphere.

The root cause of the MCO failure was determined by the MIB to be failure to use metric units in
the coding of a ground software file, “Small Forces,” used in trajectory models. The loss of
spacecraft was due to an engineering units conversion error. The ground software did not convert
the thruster impulse-bit parameter from English “lbf-second” units to specified SI units of “N-
second,” a factor of 4.45. The MIB recognized that mistakes occur on spacecraft projects.
However, sufficient processes are usually in place to catch these mistakes before they become
critical to mission success. Unfortunately, the root cause was not caught by the processes in
place for the MCO project.

The MIB also cited the following contributing causes:
1. Undetected mismodeling of spacecraft velocity changes.

139



© N o o

Navigation Team unfamiliar with spacecraft.
Trajectory correction maneuver No. 5 not performed.

System engineering process did not adequately address transition from development to
operations.

Inadequate communications between project elements.
Inadequate Operations Navigation Team staffing.
Inadequate training.

V&V process did not adequately address ground software.

The MIB made some specific GN&C-related observations, demonstrating that a robust systems
engineering team and processes were not in place:

1.

Navigation requirements set at too high a management level, insufficient flowdown of
requirements, and inadequate validation of these requirements.

Several significant system and subsystem design and development issues, uncovered after the
MCO launch (e.g., the star camera glint issue and the inability of the navigation team to
receive telemetry from the ground system for almost six months).

Inadequate 1V&YV of MCO ground software (i.e., end-to-end testing to validate the small
forces ground software performance and its applicability to the software interface
specification did not appear to be accomplished). There was a failure to complete—or
completion with insufficient rigor—of the interface control process, as well as verification of
specific ground system interfaces.

Absence of a process, such as a fault tree analysis, for determining what could go wrong
during the mission.

Inadequate identification of mission-critical elements throughout the mission (e.g., the
mission criticality of specific elements of the ground software that impacted navigation
trajectory was not identified).

Inadequate criteria for mission contingency planning (e.g., without the development of a fault
tree, there was no basis for adequate contingency planning).

Insufficient autonomy and contingency planning to execute TCM no. 5 and other mission-
critical operations scenarios.

A navigation strategy that was totally reliant on Earth-based, Deep Space Network tracking
of the MCO as a single vehicle traveling in interplanetary space. Mission plans for the MPL
included alternative methods of processing this data, including using near simultaneous
tracking of a Mars-orbiting spacecraft. These alternatives were neither implemented nor
operational at the time of the MCO encounter with Mars. The MIB found that reliance on
single-vehicle, Deep Space Network tracking to support planetary orbit insertion involved
considerable systems risk, due to the possible accumulation of unobserved perturbations to
the long interplanetary trajectory.

For additional technical details on the root cause and factors contributing to the MCO failure
refer to the MCO Phase | Report, released November 10, 1999.
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Subsequent to issuing its final report identifying the root cause and factors contributing to the
MCO failure, the MCO MIB was given the additional task of deriving lessons learned from that
failure and from other failed missions—as well as some successful ones—and creating a formula
for future space mission success.

The MCO mission was conducted under NASA’s FBC philosophy, which was developed with
the objective of enhancing innovation, productivity, and cost-effectiveness of space missions. As
part of this second task, the board found that while the FBC approach allowed NASA to do more
with less, the success of the FBC model was tempered by the fact that some projects and
programs put too much emphasis on cost and schedule reduction (e.g., the “Faster” and
“Cheaper” elements of the paradigm). At the same time, these projects and programs failed to
instill sufficient rigor in risk management throughout the mission life cycle. The board concluded
these actions increased risk to an unacceptable level on these projects.

The details of the board’s findings, observations, and recommendations relative to improving
space mission success within the context of the FBC paradigm are documented in its second
report, “Report on Project Management in NASA” [ref. 66]. This report puts forward a new
vision, “Mission Success First,” which entails a new NASA culture and new methods of
managing projects to ensure mission success.

A-13. Mars Polar Lander (1999)

The mission objective of the MPL was to soft land near the South Pole and study meteorology
and soil properties, analyze water and carbon dioxide in the atmosphere and soil, and photograph
the surroundings. It was to be the first Mars landing outside the tropics of the Martian northern
hemisphere. Communications with the spacecraft ceased, as planned, at the start of atmospheric
entry and nothing more was ever heard from the lander. The FIB concluded that the most likely
failure mode was that the lander’s GN&C system, which controlled the firing of the RCS engines
used to decelerate the vehicle to a soft landing, would interpret the vibrations as the lander’s legs
were deployed as an indication of surface contact and consequently shut down RCS engines too
early, causing the vehicle to crash to the surface. It was believed that a software error occurred in
how data and signal from the touchdown sensor were used. An end-to-end test of the landing
system was deleted from the MPL test sequence due to schedule pressures. MPL was therefore a
complete mission loss.

A-14. ACRIMSat (1999)

The Active Cavity Radiometer Irradiance Monitor satellite (ACRIMSat) was launched on
December 21, 1999. The 253-Ib (115-kg) spacecraft was launched on a Taurus launch vehicle
rocket from VAFB. The ACRIMSat mission science objective was to study the amount of
sunlight falling on Earth’s atmosphere, oceans, and land to help scientists improve predictions of
long-term climate change.

ACRIMSat was a spin-stabilized spacecraft. Specifically, it was a major axis spinner designed to
point its spin axis towards the Sun. The spacecraft was launched in the accelerometer-based
damping mode to damp nutation. Almost immediately, the pointing error started increasing
rapidly as the spacecraft spin axis moved away from the Sun. The spacecraft averaged roughly a
70-degree pointing error, and battery charge was rapidly decreasing. The spacecraft was
commanded into the backup CSS-based Sun damping mode. The Sun-sensor-driven damping left
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the spin axis hanging off at a point approximately 15 degrees from the Sun. The spacecraft was
power-positive, but unable to perform its intended science mission.

Troubleshooting revealed a polarity error in the accelerometer loop had caused the initial 70-
degree divergence. The 15-degree offset under Sun-sensor-driven damping was caused by a
software error in transcribing an “X” subscript in the control algorithm as a “Z” subscript in the
flight code. After correcting these two mistakes, Sun pointing was automatically switched to the
Fine Sun Sensor, which was expected to reduce the pointing error to less than 0.25 degrees.
However, the residual pointing error stabilized at about 1.5 degrees. Troubleshooting of this third
anomaly revealed a units error in the Sun sensor geometrical dimensions and several typographic
errors in the stray light correction algorithm. After corrective FSW code patches were uplinked
to the spacecraft, the ACRIMSat Sun pointing attitude control mode finally met its performance
requirements.

A-15. Terriers (1999)

The Tomographic Experiment using Radiative Recombinative lonospheric Extreme ultraviolet
and Radio Sources (TERRIERS) satellite was successfully launched at 1:09 a.m. EDT, May 18,
1999, from VAFB aboard an Orbital Science Corp. Pegasus rocket. TERRIERS was a Student
Explorer Demonstration Initiative (STEDI) mission managed for NASA by the Universities
Space Research Association of Columbia, Maryland. TERRIERS was one of three NASA-
sponsored missions developed under STEDI.

Following launch ground controllers observed the spacecraft losing power and determined that it
was unable to orient itself properly to allow its solar panels to fully face the Sun. Telemetry data
indicated that the spacecraft was in the correct orbit and spinning appropriately about the right
axis.

A recovery team of spacecraft engineers and other experts was formed to develop a plan to return
the satellite to operation. Initially, the ground recovery team was hopeful that the satellite’s solar
panel would slowly charge the spacecraft and that in time the satellite would have enough power
to turn itself on. The recovery team continued for some time to attempt radio contact with the
spacecraft, to no avail.

The subsequent failure investigation determined the cause of the TERRIERS failure to be an
ACS polarity error that had the effect of off-pointing the spacecraft’s solar array by 180°.
Complete mission failure was therefore due to inadequate end-to-end ACS polarity testing in the
flight conjuration.

A-16. X-43A (2001)

The X-43A was the first flight attempt conducted as part of NASA’s Hyper-X Program, which
was initiated in 1996 to advance hypersonic air-breathing propulsion and related technologies
from laboratory experiments to the flight environment. This program was designed to be a high-
risk, high-payoff program. The X-43A was to be the first flight vehicle in the flight series. The
X-43A was a combination of the Hyper-X Research Vehicle (HXRV), HXRV adapter, and
Hyper-X Launch Vehicle (HXLV), referred to as the X-43A stack.

The first X-43A flight attempt was conducted on June 2, 2001. The HXLV was a rocket-
propelled launch vehicle modified from a Pegasus launch vehicle stage one (Orion 50S)
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configuration. The HXLV was to accelerate the HXRYV to the required Mach number and
operational altitude to obtain scramjet technology data. The trajectory selected to achieve the
mission was at a lower altitude and subsequently a higher dynamic pressure than a typical
Pegasus trajectory. This trajectory was selected due to X-43A stack weight limits on the B-52
carrier aircraft.

The HXLYV solid rocket motor ignition occurred 5.19 seconds after being dropped from the B-52,
and the mission proceeded as planned through the start of the pitch-up maneuver at 8 seconds.
During the pitch-up maneuver, the X-43A stack began to experience a control anomaly at
approximately 11.5 seconds, characterized by a diverging roll oscillation at a 2.5 Hz frequency.
The roll oscillation continued to diverge until approximately 13 seconds when the HXLV rudder
electromechanical actuator stalled and ceased to respond to autopilot commands. The rudder
actuator stall resulted in loss of yaw control that caused the X-43A stack sideslip to diverge
rapidly to more than 8 degrees. At 13.5 seconds, structural overload of the starboard elevon
occurred. The severe loss of control caused the X-43A stack to deviate significantly from its
planned trajectory, and the vehicle was terminated by range control 48.57 seconds after release.

The X-43A MIB attributed the mission failure to the HXLV and concluded that the root cause
was that the vehicle control system design was deficient for the trajectory flown due to
inaccurate analytical models (e.g., Pegasus heritage and HXLV), which overestimated the system
margins. The key phenomenon that triggered the failure was the divergent roll oscillatory motion
at a 2.5 Hz frequency. The divergence was primarily caused by excessive control system gain. A
second phenomenon that was a consequence of the divergent roll oscillation was a stall of the
rudder actuator that accelerated the loss of control. Neither phenomenon was predicted by
preflight analyses.

The analytical modeling deficiencies resulted from a combination of factors. It should be noted
that the X-43A MIB considered a very comprehensive definition of the term “models,” to
include system architecture, boundary conditions, and data.

The X-43A failure occurred because the control system could not maintain the vehicle stability
during transonic flight. The vehicle instability was observed as a divergent roll oscillation. An
effect of the divergent roll oscillation was the stall of the rudder actuator. The stall accelerated
loss of control, which resulted in loss of the X-43A stack. The rudder actuator stalled due to
increased deflections that caused higher aerodynamic loading than preflight predictions. The
deficient control system and under-prediction of rudder actuator loads occurred due to modeling
inaccuracies.

To determine the cause of the X-43A mishap, in-depth evaluations of the Pegasus and HXLV
system and subsystem models and tools, as well as extensive system-level and subsystem-level
analyses, were performed by the MIB. To support the analyses, extensive mechanical testing (fin
actuation system) and wind tunnel testing (6 percent model) were required. The major
contributors to the mishap were modeling inaccuracies in the fin actuation system and
aerodynamics and insufficient variations of modeling parameters (i.e., parametric uncertainty
analysis). Pegasus heritage and HXLV-specific models were found to be inaccurate.

Fin actuation system inaccuracies resulted from:

e Discrepancies in modeling the electronic and mechanical fin actuator system components
e Under prediction of the fin actuation system compliance used in the models.
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Aerodynamic modeling inaccuracies resulted from:

e Error in incorporation of wind tunnel data into the math model
e Misinterpretation of wind tunnel results due to insufficient data
e Unmodeled outer mold line changes associated with the Thermal Protection System.

Insufficient variations of modeling parameters were found in:

e Aerodynamics
e Fin Actuation System
e Control System

Less significant contributors were errors detected in modeling mass properties. Potential
contributing factors were found in the areas of dynamic aerodynamics and aeroservoelasticity.
Linear stability predictions were recalculated using the corrected nominal models. Stability gain
margins were computed for all axes. Aileron gain margin (roll axis) was examined in particular
and showed a sizeable reduction from the 8 dB preflight prediction. Model corrections led to a
revised prediction of less than 2 dB at nominal conditions. This was well below the requirement
of a 6 dB gain margin. Although this reduction was significant and close to instability
boundaries, the revised prediction was still stable. This meant that nominal model corrections
alone were insufficient to predict the vehicle loss of control and that parameter uncertainty had to
be included. Accounting for parameter uncertainties in the analyses replicated the mishap. This
was confirmed by nonlinear time history predictions using the 6-DoF flight dynamics simulation
of the X-43A stack.

The X-43A MIB concluded that no single contributing factor or potential contributing factor
caused this failure. The flight failure was only reproduced when all of the modeling inaccuracies
with uncertainty variations were incorporated in the system level linear analysis model and
nonlinear simulation model.

The details of the X-43A failure investigation are contained in the X-43A MIB Report (2003).

A-17. TIMED Satellite (2001)

The Thermosphere, lonosphere, Mesosphere, Energetics and Dynamics (TIMED) spacecraft was
launched on December 7, 2001 into LEO. TIMED is a 600 kg spacecraft that employs a three-
axis zero-momentum ACS. The spacecraft has large solar arrays. All the subsystems on TIMED
worked well, with the exception of a number of initial on-orbit ACS subsystem problems. These
were quickly overcome, and the mission is now in the operational phase performing its science
mission.

Momentum Unloading Control Logic Sign Error Problem

The first ACS problem encountered was a polarity error in the control loop used to perform the
unloading (i.e., “dumping”) of accumulated angular momentum in the reaction wheels. This loop
used magnetic torque rods, a magnetometer, and an inertial reference unit (IRU) to control and
maintain momentum levels within the capability of the reaction wheels to accommodate. Shortly
after separation from the launch vehicle, the ground operation team observed a steady increase in
spacecraft system momentum. The situation was rapidly assessed, and a sign error was
discovered in the magnetic torque rod control logic. However, no straightforward approach was
available to correct the problem, such as changing a sign in momentum unlading control logic
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path the ACS flight software. In addition, there were no simple means of disabling the torque rod
actuators that were effectively working to increase system momentum. The ground operators
determined, given the ACS architecture hardware/software interfaces, that the only way to
disable commands to the torque rods was to power off the magnetometer. A temporary corrective
measure for the control logic sign error was quickly formulated. It consisted of inverting the
signs on the magnetometer biases and scale factors that were stored on-board as updateable ACS
FSW parameters. The system momentum was observed to decrease once the sign inversion was
implemented. The spacecraft rates did not exceed 2.5 degrees/second during this anomalous
event, and the vehicle was maintained throughout in a power-positive state. The fact that the
ground operations team had continuous, or near-continuous, early-orbit real-time command and
telemetry contact with the TIMED spacecraft, via the TDRSS, allowed them to first observe and
then react in a timely manner to this potentiality dangerous ACS sign error anomaly.

Sun Sensor Orientation Problem

When coming out of eclipse and seeing the Sun for the first time, the TIMED spacecraft was
commanded to reorient to point toward the Sun. Depending upon the initial attitude, this
maneuver could take up to 20 minutes. At the end of the eclipse, the spacecraft began to reorient
itself as expected. However, after 20 minutes it showed no signs of settling out; commanded
wheel torques showed an unexpected gyration occurring.

After an examination of telemetry containing raw Sun sensor measurements and solar wing
currents, the ground operations team determined that the spacecraft had settled into a quasi-stable
attitude with the x-axis generally pointed at the Sun. It appeared that the spacecraft was
attempting to point this axis at the Sun rather than the desired Sun-pointing axis. What was
fortunate for TIMED was that one of its large solar arrays was illuminated by the Sun and
electrical power was being produced. Battery charging was being performed, and the spacecraft
remained in a power-positive (an thermal-safe, as well) state for multiple orbits. The spacecraft
had placed itself into a state not unlike a safe hold mode transition and maintained it.

With the spacecraft in this pseudo-safe hold mode, the ground operation team diagnosed the
nature of the ACS problem using all means at their disposal: ACS flight hardware drawings,
ACS FSWcode/data, and photographs of the spacecraft taken during the I&T phase. Attention
was focused upon on each of the four Sun sensors, and an assessment was made of how the
sensors were mounted and tested as well as how they were interfaced to the ACS FSW code.
This scrutiny revealed the source of the ACS pointing problem. Based upon what was seen in a
I&T photo of the Sun sensors, it appeared that the sensors were not mounted as designed.

Two Sun sensors on the hot side, which was to be pointed at the Sun during safe hold mode,
were mounted 90 degrees from what was expected. However, the “cold” side sensors were
correctly oriented.

The solution to the problem of having the hot side Sun sensors erroneously rotated from their
expected orientation involved a change to the ACS FSW code. New parameters representing the
orientation/alignment of the Sun sensors were designed and uplinked to the TIMED satellite
flight computer. Sufficient on-orbit verification testing of this new FSW code was subsequently
performed as part of the spacecraft’s early-orbit checkout phase.
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The investigation into determining the root cause of this Sun sensor orientation problem revealed
that although specific ACS phasing (i.e., polarity) tests had been performed during the spacecraft
I&T phase, they had not been performed with the satellite in its actual flight configuration. The
Test as You Fly engineering best practice had not been adhered to in this case. The root cause
had to do with physical configuration of the spacecraft in the I&T facility when the ACS team
performed pre-launch polarity testing. The two hot side Sun sensors were mounted to a panel on
the y-axis side of the spacecraft. However, this particular panel was also the main panel through
which the internal access to the spacecraft was attained during I&T operations. Consequently,
the panel was removed and not in its flight configuration during most of the 1&T activity. The
two Sun sensors were temporarily hung off to the side. Unbeknownst to the ACS team, the
orientation in which they were hung did not agree with the orientation they would have in flight.
The investigation also revealed a breakdown in technical communications between the ACS and
I&T teams. On one hand the ACS team did not inquire about the Sun sensor orientations, and
conversely the I&T team did not communicate information about the two sensors that were
temporarily off to the side. Moreover, there apparently was no documentation specifically
denoting the desired orientation. Thus the ACS Sun sensor polarity tests were unintentionally
and erroneously performed with the spacecraft in a non-flight configuration.

CSI problem

The TIMED satellite had two modes of operation: Sun-pointing and nadir-pointing. The former
is used in spacecraft safe hold, while the latter is the science attitude, as is the one normally used
on-orbit for data taking.

During the early on-orbit performance evaluation of the TIMED nadir pointing attitude control
mode (“normal mode”), a CSI issue was observed. An unexpected 0.1 Hz oscillation in the 1 Hz
real-time rate and wheel torque data occurred. However, the high data rate telemetry, which is
sampled at 10 Hz, temporarily stored on-board, then downlinked to the ground, indicated the
actual frequency of the structural oscillation was 2.1 Hz. It appeared that aliasing, due to 1 Hz
sampling of the real-time telemetry, had created the fictitious 0.1 Hz. A scrutiny of the
spacecraft’s modal frequencies from the structural finite element modeling confirmed that one of
the solar array bending modes was being excited.

A subsequent investigation indicated that early in the TIMED ACS controller design phase, the
structural flexible modes were given a cursory review to assess the potential for any CSI
problems that might detrimentally impact ACS stability. The lowest structural mode frequency
was 0.25 Hz while the controller bandwidth was 0.01 Hz, and with a decade or more separation
between them, no further analysis was performed. A formal frequency domain analysis was not
undertaken, and a suitable fidelity flexible-mode model was deemed unnecessary for the existing
time domain simulation. These were serious omissions.

Filtering of the gyroscope data to protect against CSI problems had been recommended during
design reviews. Such bending mode filtering was in fact implemented in the safe hold mode
controller but not in the normal mode nadir-pointing control loop. The latter decision was based
on the desire to avoid filtering the gyroscope information before inputting it into the Kalman
filter used to perform spacecraft attitude estimation. It was an oversight not to filter the
gyroscope data prior to use in the normal mode nadir-pointing ACS controller.
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Post-launch investigations into this unanticipated CSI problem revealed a significant modal gain
from the 2.1 Hz mode, which actually changes in frequency from 2.0 to 2.6 Hz over the 90
degree range of solar array motion each orbit. This finding was obtained via evaluation and a
refinement of the spacecraft’s structural finite element model using actual flight data. A
frequency domain analysis demonstrated the unstable nature of this flexible mode for the given
controller gain set and incorporation of the structural model in the time-domain simulation
yielded results that correlated well with on-orbit telemetry data. The conclusion was that a
complete and rigorous analysis of the flexible modes during the controller design would have
exposed the problem discovered on-orbit, and it could have been eliminated pre-launch. The
solution was to design and implement a low-pass Butterworth digital filter in the ACS FSW.
After detailed frequency domain analyses, with time domain simulation concurrence, the proper
filter coefficients and controller gains were selected to successfully alleviate the structural
oscillation problem.

Spacecraft Residual Magnetic Dipole

Also during the early-orbit checkout phase, it was observed that momentum buildup was
occurring at an unpredicted and relatively rapid rate. Based on momentum control parameters
and the expected momentum buildup, the expectation was for momentum dumping to take place
about once per day. In actuality, momentum dumping was occurring about 10 times per day. An
analysis revealed an apparent spacecraft residual magnetic dipole of significant size and also that
external torques were consistently tracking the magnetic field over an orbit period. The later
piece of evidence strongly linked the issue to a magnetic cause. The residual dipole was
estimated to be 10 A-m? and was determined to be primarily in the +y axis spacecraft direction.
This phenomenon did not impact overall ACS operation. The observation can be made, however,
that a pre-launch test to actually measure the spacecraft residual magnetic dipole would most
likely have exposed this issue and allowed it to be given the attention it deserved before flight.

Root Cause and Other Contributing Factors

On February 11, 2002, a MIB was convened to investigate the anomalies. The MIB reported to
the GSFC PMC on May 17, 2002, and August 28, 2002. TIMED met the minimum mission
success criteria on April 22, 2002.

It has since been acknowledged that there was a breakdown in the APL G&C test processes that
led to these anomalies. The possession of good processes for I&T alone does not guarantee
success. They must be implemented correctly.

The MIB convened to investigate the GN&C post-launch anomalies concluded that these were
consequences of inadequate procedures. The conclusion was that the root and/or contributory
cause in all four anomalies were related to the lack of management processes. The observation
was made that APL relied on the knowledge and integrity of key staff in lieu of a more process-
oriented approach. Members of the GSFC technical staff observed that the processes used at the
spacecraft I&T level were inconsistent with those used at GSFC. However, the contract did allow
APL to use their own methods and procedures whenever possible if they met statement of work
requirements. APL does have processes, but acknowledged these were not appropriately
followed in the GN&C area.
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A-18. CONTOUR (2002)

The Comet Nucleus Tour (CONTOUR) spacecraft was launched on July 3, 2002, and intended to
encounter at least two comets. Following launch, the spacecraft remained in an eccentric Earth
orbit until August 15, 2002, when an integral STAR 30BP Solid Rocket Motor (SRM) was fired
to leave orbit and begin the transit to the comet Encke.

The mission design did not provide for telemetry coverage during the SRM burn, and no
provision was made to observe the burn optically. CONTOUR was programmed to re-establish
telemetry contact with the ground following the burn. However, no signal was received and
attempts to contact CONTOUR were unsuccessful. Ground observations identified what
appeared to be three separate objects on slightly divergent trajectories near but behind
CONTOUR'’s expected position. Further attempts to contact CONTOUR were unsuccessful, and
NASA concluded that the spacecraft had been lost.

Because of the lack of telemetry and observational data during the SRM burn, the MIB
concentrated on a review of available design, manufacture, testing, and operations
documentation. Although it could not unequivocally determine the proximate cause of the
failure, the board identified a number of possible root and proximate causes.

The probable proximate cause was identified as overheating of the spacecraft by the SRM motor
exhaust plume impingement. Alternate proximate causes included catastrophic SRM failure and
loss of spacecraft dynamic control.

Root causes were identified as 1) CONTOUR Project reliance on analysis by similarity, 2) an
inadequate systems engineering process, and 3) an inadequate review function. Significant
observations included 1) lack of telemetry during a mission-critical event; 2) significant reliance
on subcontractors without adequate oversight, insight, and review; 3) inadequate communication
between the CONTOUR Project and SRM vendor; and 4) the SRM vendor’s use of analytic
models that were not specific to the CONTOUR spacecraft.

The details of the CONTOUR failure investigation are contained in the CONTOUR MIB Report
(2003).

A-19. AQUA (2002)

The Aqua spacecraft was launched May 4, 2002, on a Delta 11 7920-10L expendable launch
vehicle from the Western Test Range at VAFB with a planned mission lifetime of six years.
Stellar positions as measured by the spacecraft star trackers and ephemeris data uplinked from
the ground are used in the onboard computer (OBC) attitude determination. All Aqua instrument
teams use the downlinked OBC attitude quaternion for science data processing, so the onboard
attitude solution accuracy is extremely important.

Soon after the Moderate Resolution Imaging Spectroradiometer (MODIS) instrument calibration
was completed, the MODIS team identified a large yaw attitude oscillation (greater than 100
arcseconds) correlated with orbital period by comparing the MODIS observational data with
known geolocation references. Several possibilities were explored, including ground data
processing errors, thermally induced science instrument or attitude sensor alignment shifts, or
other science instrument anomalies. After several weeks of analysis by a combined investigation
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team, the MODIS yaw anomaly was finally traced to an inconsistency between the OBC star
catalog and the OBC ephemeris.

The OBC ephemeris is uplinked daily and the onboard star catalog is stored in Mean of J2000
(M-J2000) coordinates. But the star positions were incorrectly changed to Mean of Date (MoD)
coordinates by applying a precession correction in the OBC FSW prior to their use in the
onboard attitude determination process. The precession correction is used to compensate for the
periodic motion (~25,000 years) of the Earth’s rotation axis relative to the ecliptic plane, but was
unnecessary since the two original coordinate systems were compatible.

The difference between M-J2000 coordinates and MoD coordinates (i.e., precessed star
positions) varies approximately 50 arcseconds/year and had grown to approximate £150
arcseconds for the current time difference between the two coordinate systems (~3 years between
2000 and 2003). The coordinate system inconsistency caused the yaw oscillations because the
OBC target attitude quaternion was derived from the OBC ephemeris (M-J2000), but the attitude
was computed from MoD star positions. The coordinate system discrepancy resulted in an
ecliptic latitude dependency and manifested primarily as yaw motion, although roll and pitch
were also affected. The solution was to generate a software patch eliminating the star position
precession correction in the onboard FSW.

The inconsistency between the onboard coordinate frames was not found during pre-flight
software testing because the V&V simulation was not developed independently of the GN&C
design simulation. After launch, the attitude determination in ground-based solutions did not
detect the yaw attitude excursions because the ground used ephemeris-independent quaternions.
However, once the coordinate system mismatch was found and the software patch uploaded, the
yaw pointing error soon settled down to within the required +/- 25 arcseconds 3 sigma.

A-20. Genesis (2004)

Genesis was the fifth in NASA’s series of Discovery missions, and the first U.S. mission since
Apollo to return extraterrestrial material to Earth for study. The purpose of the Genesis mission
was to collect samples of solar wind and return them to Earth. JPL was the managing Center; the
California Institute of Technology was designated the principal investigator and project team
leader. Los Alamos National Laboratory provided the science instruments, and Lockheed Martin
Corporation (acting through Lockheed Martin Space Systems) was the industrial partner and
provided the spacecraft and sample return capsule. JPL and Lockheed Martin Astronautics
conducted mission operations.

Launched on August 8, 2001, Genesis was to provide fundamental data to help scientists
understand the formation of our solar system. Analysis of solar materials collected and returned
to Earth would give precise data on the chemical and isotopic composition of the solar wind.

On September 8, 2004, the Genesis sample return capsule drogue parachute did not deploy
during entry, descent, and landing operations over the Utah Test and Training Range. The drogue
parachute was intended to slow the capsule and provide stability during transonic flight. After
the point of expected drogue deployment, the sample return capsule began to tumble and
impacted the Test Range at 9:58:52 MDT, at which point vehicle safing and recovery operations
began.
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On September 10, 2004, the Associate Administrator for the Science Mission Directorate
established a Type A MIB as defined by NASA Procedural Requirements 8621.1A, NASA
Procedural Requirements for Mishap Reporting, Investigating, and Recordkeeping, to determine
the cause and potential lessons from the incident. The board was chartered to determine the
proximate cause of the failure, identify root causes, and develop recommendations to strengthen
processes within NASA’s Science Mission Directorate to avoid similar incidents in the future.

Additionally, the MIB was to determine the adequacy of contingency response planning and the
appropriateness of the actual contingency response, to include the safing and securing of the
spacecraft and the science payload and the protection of response personnel.

The board determined the proximate cause of the mishap to be that the G-switch sensors were in
an inverted orientation, per an erroneous design, and were unable to sense sample return capsule
deceleration during atmospheric entry and initiate parachute deployments.

The board found that deficiencies in the following four pre-launch processes resulted in the
mishap:

The design process inverted the G-switch sensor design.

The design review process did not detect the design error.

The verification process did not detect the design error.

The Red Team review process did not uncover the failure in the verification process.

The board identified several root causes and major contributing factors that resulted in the design
inversion of the G-switch sensors and the failures to detect it. The root causes and contributing
factors fall into six categories, some of which contributed to more than one of the above process
errors.

Inadequate Project and Systems Engineering Management

A lack of involvement by JPL Project Management and Systems Engineering in Lockheed
Martin Space Systems spacecraft activities led to insufficient critical oversight that might have
identified the key process errors that occurred at Lockheed Martin Space Systems during the
design, review, and test of the spacecraft. This process was consistent with the Faster, Better,
Cheaper philosophy of the time and approved by the Discovery Program.

Inadequate Systems Engineering Processes

Multiple weaknesses within the Genesis Systems Engineering organization resulted in
requirements and verification process issues that led to the failure. The MIB recommended
adding a thorough review of all systems engineering progress, plans, and processes as part of
existing major milestone reviews. This recommendation was written to enforce discipline and
critical assessment in the systems engineering organizations of future projects.
Recommendations regarding systems engineering also addressed the issues raised by the
inadequate project and systems engineering management root causes by compelling a
commitment by project management to support an adequate systems engineering function.

Inadequate Review Process

All levels of review, including the Genesis Red Team review, failed to detect the design or
verification errors. It was the MIB’s position that technical reviews have become too superficial
and perfunctory to serve Science Mission Directorate needs. The technical review
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recommendations in this mishap report were targeted at significantly strengthening the
directorate’s review process.

Unfounded Confidence in Heritage Designs

Genesis Management and Systems Engineering and the Genesis Red Team made a number of
errors because of their belief that the G-switch sensor circuitry was a heritage design. Further,
the prevalent view that heritage designs required less scrutiny and were inherently more reliable
than new designs led to the mishap. The MIB addressed the systemic problem of inappropriate
faith in heritage designs by recommending review and verification of heritage designs to the
same level expected of new hardware/software.

Failure to Test as You Fly

Several issues led to the lack of proper testing of the G-switch sensors, including a failure to treat
the G-switches as sensors, which ultimately led to the mishap. The MIB’s recommendations to
strengthen the review process within the Science Mission Directorate partially addressed this
issue, as well as a recommendation to require a test as you fly plan and a phasing test plan for all
directorate projects.

FBC Philosophy

As demonstrated by several failures, NASA’s use of the FBC philosophy encouraged increased
risk-taking by projects to reduce costs. Although NASA Headquarters had solicited and selected
Genesis under the FBC paradigm, the way JPL chose to implement the Genesis Mission
substantially reduced insight into the project’s technical progress. This precluded JPL from
ensuring that the project was executed within the range of previously successful mission
implementation practices, thereby adding additional risk. The Discovery Program Office
accepted these arrangements implicitly by way of the selection and subsequent management
review processes.

The potential pitfalls of this approach became clear when the MCO and MPL missions failed.
Although much has been done within the Science Mission Directorate to correct FBC issues, the
board recommended that when establishing appropriate levels of budgetary and schedule reserve,
the Science Mission Directorate give greater consideration to overall maturity, launch constraints
(e.g., short window planetary vs. others), and complexity.

MIB members based several recommendations on their experience with on-going Science
Mission Directorate Systems Engineering and technical review issues. The board also considered
previous failure investigations. Most of the recommendations center on improving the technical
review process of new designs, heritage designs, and Systems Engineering. Instead of creating
more reviews, the Board recommended more effective reviews that identify requirements,
design, verification, and process issues early to avoid costly overruns or tragic failures.

It appeared highly likely to the MIB that due to the dedicated efforts of the Genesis Recovery
and Curation Teams and the nature of the sample collection materials, most of the Genesis
science goals will be met. However, the board believed this fortunate outcome should not reduce
the importance of the lessons learned for future missions.

The details of the GENESIS failure investigation are contained in GENESIS MIB Report (2006).
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A-21. DART (2005) — Publicly Releasable Findings

On April 15, 2005, the Demonstration of Autonomous Rendezvous Technology (DART)
spacecraft was successfully deployed from a Pegasus XL rocket launched from the Western Test
Range at VAFB. DART was designed to rendezvous with and perform a variety of maneuvers in
close proximity to the Multiple Paths, Beyond-Line-of-Sight Communications (MUBLCOM)
satellite, without assistance (i.e., autonomously) from ground personnel.

DART performed as planned during the first eight hours through its launch, early orbit, and
rendezvous phases, accomplishing all mission objectives up to that time, even though ground
operations personnel noticed navigation system anomalies. During proximity operations,
however, the spacecraft began using much more propellant than expected. Approximately 11
hours into what was supposed to be a 24-hour mission, DART detected that its propellant supply
was depleted, and it began a series of maneuvers for departure and retirement. Although it was
not known at the time, DART had actually collided with MUBLCOM 3 minutes and 49 seconds
before initiating retirement.

Because DART failed to achieve its main mission objectives, NASA declared a “Type A”
mishap and convened a MIB chaired by Scott Croomes of NASA’s Marshall Space Flight Center
(MSFC). A “Type A” mishap designates a NASA mission failure that exceeds a government loss
of $1 million. This requires the most detailed level of investigation. In DART’s case, none of the
14 requirements related to the proximity operations phase—the critical technology objectives of
the mission—were met. However, the other portions of the DART mission, including the launch,
early orbit, rendezvous, departure, and retirement phases, were completely successful. Out of a
total 27 defined mission objectives, DART fully or partially met 11.

After the collision, both spacecraft remained in orbit. Because of this, no physical spacecraft
remains were available for examination. However, other evidence was available for use by the
MIB. The board investigated the mishap and determined its underlying causes based on hardware
testing, telemetry data analysis, and numerous simulations. From its investigation, the MIB
developed two timelines: one for DART’s premature retirement and another for DART’s
collision with MUBLCOM.

After addressing causes related to both timelines, the MIB developed and documented in a
formal report recommendations aimed at avoiding such occurrences in the future. Additional
recommendations were added to the report through endorsement letters generated by the
Exploration Systems Mission Directorate (ESMD) and the Office of Safety and Mission
Assurance (OSMA).

NASA has completed its assessment of the DART MIB report, which included a DoD
classification review. The report was found to be NASA-sensitive but unclassified, because it
contained information restricted by ITAR and EAR. As a result, the DART mishap investigation
report was deemed not releasable to the public. The following provides an overview of publicly
releasable findings and recommendations regarding the mishap.

Dart Project Background

Proposed by Orbital Sciences Corporation (OSC) in response to a 2001 NASA Research
Announcement from the Second Generation Reusable Launch Vehicle (2GRLV) Program,
DART was selected by NASA as a high-risk technology demonstration project. The DART
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contract was awarded in May 2001 to OSC within a broad NASA Research Announcement
(NRA 8-30). The proposed cost of the DART mission was $47 million.

Later, in November 2002, the 2GRLV Program was redefined and became two new programs,
the Orbital Space Plane Program and the Next Generation Launch Technology Program. DART,
along with other flight demonstration projects, was transferred to the OSP Program. In the
process, increased emphasis was placed on DART, because automated rendezvous technology
was considered critical in supporting the potential future needs of the ISS Program.

In January 2004, after President George W. Bush announced the Vision for Space Exploration to
explore the moon, Mars, and beyond, the OSP Program was canceled. Because of its relevance to
the in-space assembly of certain exploration architecture concepts, however, the DART Project
was continued. Because of the project’s maturity at that time (its original target launch date was
2004), DART became NASA’s first flight demonstration of new exploration capability. The
DART mission was eventually launched on April 15, 2005, and cost $110 million.

The Dart And MUBLCOM Spacecraft

The DART spacecraft combined two systems. The forward segment contained DART-specific
systems including a propulsion tank, reaction control system thrusters, batteries, communications
equipment, and the AVGS. The AVGS, the mission’s primary sensor, would collect navigation
data while DART was close to MUBLCOM. The DART’s aft portion was the fourth stage of a
Pegasus launch vehicle, which included an avionics assembly and the Hydrazine Auxiliary
Propulsion System (HAPS).

The AVGS would gather data from laser signals reflected off targets mounted on MUBLCOM
and use these signals to calculate relative bearing and range data (i.e., the direction and distance
from DART to MUBLCOM). When the DART-mounted AVGS was within 200-500 m of
MUBLCOM, it was expected to provide only bearing measurements. When the AVGS was
within 200 m of its target, it was expected to provide not only bearing, but also range and relative
attitude (orientation of a spacecraft relative to an external reference) data.

Other navigational sensors that were to work in concert with the AVGS included two Global
Positioning System (GPS) receivers on DART and a GPS receiver on MUBLCOM. DART
would use data from these GPS receivers to determine position and velocity relative to
MUBLCOM. Based on an intricate combination of data from all navigational sensors, on-board
software would guide DART while it was in proximity to MUBLCOM. DART was not designed
to receive commands from the ground, an approach considered philosophically consistent with
the objective that DART be a demonstration of autonomous technology.

The MUBLCOM satellite was DART’s rendezvous target. OSC launched MUBLCOM in 1999
for DARPA. Following completion of its original and primary mission, MUBLCOM remained in
orbit in good operational condition.

The DART Mission Plan

The intent of DART was to demonstrate that a pre-programmed and unaided spacecraft could
independently rendezvous with a non-maneuvering and cooperating satellite. A series of 27
objectives for a successful mission were developed and divided among four defined mission
phases: 1) the launch and early orbit phase, 2) the rendezvous phase, 3) the proximity operations
phase, and 4) the departure and retirement phase.
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Launch and Early Orbit Phase

During the launch phase, the DART spacecraft, coupled with its Pegasus launch vehicle, would
be flown to an altitude of 40,000 feet over the Pacific Ocean aboard a carrier aircraft. Following
release, the three-stage Pegasus rocket would ignite, carrying DART into an initial parking orbit
below MUBLCOM. From there, it would begin a series of navigation system checks, verifying
position estimates for itself and its target, MUBLCOM.

Rendezvous Phase

During the mission’s rendezvous phase, after completing systems checks, DART would fire its
HAPS thrusters to move into a second phasing orbit or rendezvous. The HAPS burn would be
timed to position DART below and behind MUBLCOM in preparation for the next phase.
Among other things, NASA intended to demonstrate that a comparison of position and velocity
data from GPS receivers in two spacecraft would be accurate enough to guide the “chaser”
spacecraft (DART) to a position within the effective range of a proximity operations navigational
sensor such as the AVGS.

Proximity Operations Phase

During the proximity operations phase, a series of scheduled maneuvers would move DART into
MUBLCOM’s orbit, first at a position about 3 km behind, and then about 1 km behind the target.
When it was 1 km behind MUBLCOM, DART was programmed to evaluate AVGS performance
through a series of precise close-range maneuvers. These maneuvers included various pre-
planned holds (i.e., station-keeping periods at designated points in space), a collision-avoidance
maneuver at a pre-determined position, and a maneuver to determine at what distance from
MUBLCOM the AVGS tracking data could no longer be acquired.

Departure and Retirement Phase

After completing its proximity operations maneuvers, DART would perform a departure burn to
move it away from MUBLCOM, expel its remaining fuel, and place itself into a short-lifetime
retirement orbit in compliance with NASA safety standards.

Description of the Mishap

During the actual DART mission, all went as expected throughout the launch and early orbit
phases. The vehicle successfully completed its rendezvous phase as well, placing itself into a
second staging orbit about 40 km behind and 7.5 km below MUBLCOM, even though ground
operators began to notice an irregularity with the navigation system.

When DART began its transfer out of the second staging orbit to begin proximity operations,
ground operators observed that the spacecraft was using significantly more fuel than expected. It
became clear that the mission would likely end prematurely because of exhausted fuel reserves.
Because DART had no means to receive or execute uplinked commands, the ground crew could
take no action to correct the situation.

During the series of maneuvers designed to evaluate AVGS performance, DART began to
transition its navigational data source from the GPS to AVGS as planned. Initially, the AVGS
supplied only information about MUBLCOM’s azimuth (i.e., angular distance measured
horizontally from the sensor boresight to MUBLCOM) and elevation relative to DART.
However, as DART approached MUBLCOM, it overshot an important waypoint, or position in
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space, that would have triggered the final transition to full AVGS capability. Because it missed
this critical waypoint and the pre-programmed transition to full AVGS capability did not happen,
the AVGS never supplied DART’s navigation system with accurate measurements of the range
to MUBLCOM. Consequently, DART was able to steer towards MUBLCOM, but not to
accurately determine its distance to MUBLCOM. Although DART’s collision avoidance system
eventually activated 1 minute and 23 seconds before the collision, the inaccurate perception of its
distance and speed in relation to MUBLCOM prevented DART from taking effective action to
avoid a collision.

Less than 11 hours into the mission, DART collided with MUBLCOM. MUBLCOM did not
appear to experience significant damage, and the impact actually pushed it into a higher orbit.
Shortly after the collision, DART determined that it was nearly out of maneuvering fuel and
initiated its pre-programmed departure and retirement maneuver. DART’s departure and
retirement phase proceeded per the original plan, and MUBLCOM regained its operational status
after an automatic system reset that resulted from the collision.

Identifying Mishap Causes and Recommending Solutions

NASA’s major goal in performing mishap investigations is to improve safety by identifying the
proximate and root causes of a mishap and by providing recommendations to prevent future
occurrences of similar events. If any one of the proximate causes were removed from the chain
of events leading to the mishap, then the mishap would not have occurred. By analyzing why
each of the proximate causes occurred, an MIB can identify root causes that may be common to
other systems. The following summarizes the mishap causes identified by the DART MIB.

Causes of DART’s Premature Retirement

The proximate cause of DART’s premature retirement was that DART used up its maneuvering
fuel (pressurized nitrogen gas) before it could complete its objectives. The MIB found that a
repeated pattern of excessive thruster firings in response to incorrect navigational data onboard
DART caused the higher than expected fuel usage. Ultimately, DART spent too much fuel as it
continuously carried out corrective maneuvers while steering itself towards MUBLCOM, thus
causing a premature end to the mission.

Normally, a spacecraft’s software-based navigational system operates by constantly estimating
its position and speed and comparing these estimates with measurements from its navigational
sensors. If the estimate and the measured position agree, then the software can issue the correct
commands to the maneuvering thrusters to guide the spacecraft along its desired flight path.

In DART’s case, the MIB determined that the first cause for its premature retirement occurred
when the estimated and measured positions differed to such a degree that the software executed a
computational reset. By design, this reset caused DART to discard its estimated position and
speed and restart those estimates using measurements from the primary GPS receiver.

Careful examination of the software code revealed that upon reset, the velocity measurement
from the primary GPS receiver was introduced back into the software’s calculations of the
spacecraft’s estimated position and speed. If the measured velocity had been sufficiently
accurate, the calculations would have converged and resulted in correct navigational solutions.
However, DART’s primary GPS receiver consistently produced a measured velocity that was
offset or “biased” about 0.6 meters per second from what it should have been. This had the
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unfortunate effect of causing the calculations, which were being performed autonomously, to
once again diverge until the difference became unacceptable to the pre-programmed computer
logic. Once the limit as to how much the calculations could differ was reached, the software
executed another reset. As a result, this cycle of diverging calculations followed by a software
reset occurred about once every three minutes throughout the mission. These continual resets
caused the incorrect navigational data that prompted excessive thruster firings and the higher
than expected fuel usage.

The reason an incorrect velocity measurement from the primary GPS receiver was introduced
into the software’s calculations during a reset was because the software fix for this known “bug’
had never been implemented by the DART team. In addition, the software model that simulated
the receiver during preflight testing assumed that the receiver measured velocity perfectly.
However, even with the incorrect velocity data being introduced into the calculations at each
reset, the MIB determined that the navigational software’s design was also inadequate. The
design requirements stated that the measured velocity data only had to be accurate to within 2
meters per second (positive or negative). In reality, the design was incapable of accommodating
a measured velocity with that much error, and the actual, erroneous data from the primary GPS
receiver was off by less than 1 meter per second.

b

Yet even that deficiency was not enough to cause the continual calculation divergences and
resets. An additional feature in the computational logic known as “gain” controlled how much
the calculations were based on the estimated position and speed versus the measured position and
speed. The gain determined how much “weighting” the two types of data (i.e., estimates versus
measurements) received in the final calculations of differences.

The MIB concluded that the gain was set at an inappropriate level such that the calculations
could never converge once the initial reset happened. The pre-programmed gain setting, which
was changed late in the spacecraft’s development, caused the logic to “trust” the estimated data
more than it reasonably should have. This change did not undergo proper testing and simulations
to verify the effects of the weighting. During analysis of pre-flight test data following the
mishap, the MIB demonstrated that with the original (higher) gain setting, the string of repeated
diverging calculations and software resets would have been broken.

In summary, the persistent, inaccurate navigational information that caused DART’s premature
retirement resulted from a combination of 1) an initial, unacceptable, calculated difference
between DART’s estimated and measured position that triggered a software reset; 2) the
introduction of an uncorrected erroneous velocity measurement into the calculation scheme; 3) a
navigational software design that was overly sensitive to erroneous data; and 4) the use of
incorrect gain control in the calculation scheme.

Contributing to the premature retirement mishap was the nature of the design approach used for
DART’s guidance system. To make corrections to its flight path, DART’s guidance system used
continual, course-correcting thruster firings rather than a limited number of specific, mid-course
correction maneuvers. DART’s guidance system was not as capable as the second guidance
approach, which could have handled divergent navigation estimates more effectively. While
DART’s guidance approach contributed to the mishap, it did not directly cause it to occur.

Additionally, the MIB found that the on-board computer logic that determined the remaining
amount of maneuvering fuel during the mission significantly over-estimated the usage rate. This
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factor caused DART to declare that the fuel was at its lower limit when in fact about 30% of the
fuel was still in the tank. The MIB’s analysis showed that this much fuel, had it been available
for use, would have allowed the mission to continue for some minutes, but not long enough to
complete the mission objectives, given the navigational problems (even if the collision had not
occurred).

Causes of DART’s Collision with MUBLCOM

The collision with MUBLCOM was caused by the inaccurate navigation system performance as
described above coupled with increasingly accurate azimuth and elevation information from the
AVGS. This had the effect of lining up MUBLCOM in the crosshairs of DART’s guidance
system at a time when the system lacked the ability to accurately control the distance between
the two spacecraft. This condition existed because DART’s pre-programmed logic for switching
to AVGS distance measuring capability required the spacecraft to fly into an undersized,
imaginary sphere (waypoint) along the flight path 200 m behind MUBLCOM. The MIB’s
analysis of the telemetry data from the flight shows that DART missed this 6.3 m radius
spherical envelope by less than 2 m. The reasons for this inadequately-designed logic include the
unanticipated potential for navigational errors and a lack of adequate design review.

When DART missed the critical waypoint for switching to full AVGS capability, it continued
moving toward MUBLCOM. DART’s design included a means of collision avoidance, but its
capability proved ineffective. The software logic for collision avoidance was dependent on the
same navigational data source as the guidance system. The impact of this dependency was that
DART’s calculated position and speed did not match its actual position and speed. In fact, at the
time of collision, DART was flying toward MUBLCOM at 1.5 m/s while its navigational system
thought it was 130 m away and retreating at 0.3 m/s. The collision avoidance design approach
never anticipated the possibility that the navigational data would be this inaccurate.

Summary of Root Causes and Recommendations

DART was a one-time project. Because of this, the MIB did not propose specific design changes
for the DART spacecraft. The formal mishap report contains detailed recommendations for the
root causes that should prevent similar mishaps in the future.

The following summarizes root causes and recommendations formally addressed by the MIB:
e High-Risk, Low-Budget Nature of the Procurement

DART was selected by NASA as a high-risk, low-budget technology demonstration under an
NRA. The government procured only the data, and set broad requirements. Most of the
detailed design decisions about how to meet those requirements were left to the discretion of
the contractor.

In DART’s case, OSC carried over many of DART’s design features from the Pegasus
launch vehicle approach. For example, the software architecture, which consisted primarily
of a pre-programmed, timed sequence of fixed commands, worked adequately for a launch
vehicle, but as was eventually found by the MIB, was not able to respond adaptively while
performing autonomous in-space operations with unanticipated inputs.

The MIB recommended that the NRA acquisition approach be used for procuring only the
initial conceptual design for technically complex, high-priority flight missions. Further, it
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was recommended that the subsequent mission spacecraft design, development, and
operations contracts use government-controlled, detailed specifications, and provide for a
greater degree of control over key design decisions.

NASA Headquarters, in its review of the MIB report, disagreed with this MIB finding. The
ESMD endorsement letter noted that “the NRA is a viable procurement instrument for future
flight experiments if there is appropriate peer review of the concept(s) and appropriate
management rigor.”

Training and Experience

In the case of DART, a lack of training and experience led the design team to reject expert
advice because of the perceived risks of implementing the recommendations. In turn, this led
to inadequate navigation system design and testing. The DART MIB recommended that
NASA centers with technical responsibility for rendezvous operations obtain an independent
capability assessment. Center management should develop recruitment, retention, and
training goals to fill any skill gaps. Finally, in NASA’s source selection process, the training
and experience of contractor teams should be evaluated.

Despite its problems, the MIB noted the value of conducting a mission like DART. The
“hands on” experience gained from actual flight system design and operation is crucial to
overcoming knowledge deficiencies in autonomous spacecraft rendezvous techniques.

Lessons Learned Analysis

Even though the DART team lacked training and experience, many of DART’s inadequacies
could have been addressed through review and proper application of mission experience and
data (i.e., lessons learned) documented from previous NASA projects.

The MIB recommended revising NASA’s engineering peer review procedures to require an
independent check of how the project team has analyzed and acted upon “lessons learned”
from previous missions.

GN&C Software Development Process

The MIB determined that one of the root causes of the mishap was an inadequate GN&C
software development process. Changes to the flight code and simulation models were often
incorporated without adequate documentation. In one case in particular, a change to the
navigation system’s reset logic was made that introduced the use of GPS velocity (as
measured from the primary GPS receiver) as the new, estimated DART velocity whenever a
reset occurred. This then became the only instance in which this particular parameter was to
be accepted directly into the navigation system’s logic.

Most of the DART team was unaware that the GPS velocity output was to be used in this
way by the navigation system’s software. Because this was thought to be an unused
parameter, personnel responsible for testing the receiver’s performance and using the
mathematical component models never realized the need to correct the problem with the
biased velocity measurement or include the bias in the receiver’s simulation model. Because
of this, the velocity output of the receiver hardware and that of the simulated receiver did not
match. As a result, the pre-flight simulations failed to reveal the adverse effect of the
inaccurate velocity measurement from the primary GPS receiver during the mission.
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In another case, an omitted units conversion caused an error in a simulation math model. This
error was discovered after most HITL system testing had been completed. The late discovery
was due to the inadequate GN&C software development process.

In response to its findings, the MIB recommended revising NASA policy to clarify that
simulations and math models used to validate FSW must be verified and validated to the
same rigorous level as the FSW itself. In addition, NASA software design standards should
be revised to prevent unused parameters resident in the code from adversely affecting the
FSW performance.

Systems Engineering

For the DART mishap, the MIB determined that an inadequate system-level integration
process failed to reveal a number of design issues contributing to the mishap. In some cases,
there was insufficient system-level understanding of the potential effects of complete or
partial loss of functionality of relevant subsystems. Performance requirements for critical
capabilities, such as collision avoidance, were not detailed enough to preclude numerous
possible design interpretations, not all of which would lead to a system that worked correctly.

The MIB recommended that NASA continue development of a NASA procedural
requirements document for systems engineers, as well as require certification of systems
engineers. Project and program managers should also be required to have extensive
experience and training in systems engineering.

OSMA’s MIB endorsement letter states, “The MIB report clearly indicated that inadequate
systems engineering (including a lack of implementation of software requirements,
configuration control, validation of math models and testing) was a significant causal factor
in the mishap. The report demonstrates that this was a failure to implement existing (NASA)
engineering requirements, standards and practices.” Consequently, it further recommended
that the Office of the Chief Engineer consider performing independent audits or reviews of
NASA program and project compliance with NASA systems engineering requirements,
currently under development, as a supplement.

Schedule Pressure

Schedule pressure was identified as the cause for the inadequate testing of a late change to
the navigation logic’s gain setting. Correction of the units conversion error in the simulation
math model described earlier led to a lowering of the gains setting to improve the expected
proximity operations performance based on mission simulations. However, because the gain
change happened so close to the planned launch, it was never adequately tested. The MIB
determined that the pressure to maintain a scheduled launch was the root cause for the
decision to forego testing of the change using the flight hardware and software. Adequate
testing after the change would have revealed the problem with the lowered gain setting.

As a result of this finding, the MIB recommended establishing a set of checks and balances
to ensure that technical discipline is maintained throughout the entire development process,
up to and including the launch and operations phase. Flight projects should develop and be
able to report upon measures of flight readiness. Program or project plans for high-priority
flight missions should require management checks to ensure that safeguards are in place
against launching an improperly or incompletely-verified vehicle configuration.
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ITAR Restrictions

In the case of DART, the MIB concluded that insufficient technical communication between
the project and an international vendor due to perceived restrictions in export control
regulations did not allow for adequate insight.

To better facilitate critical data exchange in key mission areas, the MIB recommended
revising NASA policy to require program and project managers to confer with Export
Control officials to evaluate the adequacy of data exchange arrangements. Likewise, detailed
Export Control training should be required for project personnel involved in interactions with
foreign entities.

Technical Surveillance/Insight

The MIB determined that in several instances, the NASA DART insight team failed to
identify issues that led to the mishap because of an inadequate assessment of project
technical risk and insufficiently defined areas of responsibility. For example, examination of
raw test data and performance of independent tests of some flight components by the
government insight team were defined by NASA project management to be out-of-scope.

Because of this, the MIB recommended revising NASA policy to require a thorough risk
assessment for high-priority flight missions, so that the necessary level of government
technical surveillance on contract performance could be established. Project plans should
clearly define appropriate levels of insight resulting from the risk assessment.

Risk Posture Management

A rigorous assessment and decision process for managing risk includes ongoing evaluation of
NASA’s priorities. In DART’s case, the lack of adequate risk management contributed to a
zero-fault-tolerant design and inadequate testing that resulted in an insufficient collision
avoidance system, among other things. Historically, NASA clearly understood and accepted
that DART began as a low-cost, high-risk demonstration. As DART’s significance changed
and it gradually became a highly visible milestone for NASA’s high-profile exploration
vision, NASA’s tolerance for a possible mission failure decreased substantially.

Because of this, the MIB recommended requiring program and project management
committees to regularly review each project’s risk level classification in light of changing
conditions to ensure continued consistency with the potentially shifting risk tolerance for that
project. Decisions to maintain or change a project’s classification should be clearly
documented.

Expert Utilization

The MIB noted cases where the DART team failed to fully use the resources of available
subject matter experts. Both the insight and peer review processes provided mechanisms for
ensuring that adequate technical expertise is supplied to the project.

The MIB recommended revising NASA policy to clarify that complex, high-priority flight
missions be required to use the engineering peer review process. Likewise, the project team
should be required to formally address and document its use of the peer reviewers’ findings
and recommendations.
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e Contractor Review Processes

The MIB concluded that internal checks and balances used by DART’s prime contractor
failed to uncover issues that led to the mishap, such as the undersized spherical envelope
surrounding the AVGS range transition waypoint.

To address this, it recommended that NASA clearly communicate to the contractor its
expectations of entrance and exit criteria for standard design and development reviews for
high-priority flight projects. Projects should demonstrate the appropriate management rigor
in assessing readiness to proceed to the subsequent phase of development.

e Failure Modes and Effects Analysi