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ABSTRACT 

For spacecraft with especially stringent mass fraction constraints, the use of a rotating detonation 
rocket engine (RDRE) may yield potentially significant system mass savings. The pressure gain combustion 
inherent to RDREs provides higher thrust than traditional rocket engines for a given supply pressure and 
throat area. This opens multiple avenues for reducing system mass via higher specific impulse, reduced 
gravity losses, and reduced feed pressures. 

To highlight the potentially weight-saving characteristics of RDRE systems, the integrated 
performance of representative spacecraft designs using either a conventional rocket engine or an RDRE 
was assessed. This paper details the assumptions, methods, and results of this trade study. Two 
representative spacecraft were assessed. The first is a Liquid Mars Ascent Vehicle (MAV). This spacecraft 
was designed by NASA in 2011 for the Mars Sample Return Campaign but was not selected for flight due 
in part to it exceeding the mass requirements by 119 lbm. The second is MIURA-1, a kerolox sounding 
rocket developed by Payload Aerospace S.L.. 

The Liquid MAV assessment showed that an RDRE powered design met the mass requirements 
with a total vehicle mass 46 lbm below the limit. The MIURA-1 assessment showed that wall heat transfer 
and regenerative cooling are significant challenges for kerolox RDREs, but these challenges may be 
mitigated by reducing mixture ratio and using both propellants to cool the chamber. The assessment 
showed that an RDRE powered sounding rocket could achieve 12% more microgravity time than a 
conventional sounding rocket with the same payload and total vehicle mass. Alternately, if the payload 
mass and target apogee are held constant, then an RDRE powered sounding rocket can be 8% shorter 
and 11% lighter than a conventional sounding rocket. These results suggest that the advent of RDREs for 
in-space propulsion may unlock new missions for which conventional propulsion is not feasible. 

INTRODUCTION 

In a conventional rocket engine, propellants are injected into a chamber at high pressure, undergo 
combustion at constant pressure via deflagration, and are expelled through a nozzle to produce thrust. 
Although there is no one parameter governing rocket engine performance, this chamber pressure has a 
significant impact on a system’s performance. The engine thrust will typically increase with chamber 
pressure. The chamber pressure during engine operation is constant at a given design point in a 
conventional rocket engine. Thus, increasing chamber pressure can only be achieved by increasing the 
manifold pressure supplying the chamber. This incurs a mass penalty. 

An alternative method for increasing chamber pressure exists via pressure gain combustion (PGC) 
[1]. PGC differs from constant pressure combustion by, as the name implies, increasing the chamber 
pressure during the combustion process. The most basic form of a PGC cycle is one where combustion 
occurs within a constant volume. This results in a higher average chamber pressure without paying the 
mass penalty of increasing manifold pressure. The rocket propulsion community has indicated considerable 
interest in PGC technology [1], in particular the rotating detonation rocket engine (RDRE). In an RDRE, the 
combustion chamber is an annulus with a narrow detonation channel. A supersonic detonation wave travels 
circumferentially around this channel. Propellants are injected into this chamber axially to form a detonable 
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mixture. When the detonation wave 
passes through this mixture, the coupled 
shock and combustion wave act similarly 
to a constant volume process, 
substantially raising both the 
temperature and total pressure. The 
exhaust products are then expelled 
through a nozzle. Meanwhile, the 
detonation wave continues its journey 
around the annulus, propelled by the 
combustion reaction as it ingests fresh 
propellant. A simplified diagram is 
provided in Figure 1. The shock 
generated by the detonation reaction is 
expected to produce excellent propellant 
mixing characteristics, thus giving high 
combustion efficiency. An RDRE can theoretically achieve the same thrust as a conventional rocket engine 
while being smaller, lighter, and requiring a lower propellant supply pressure. 

NASA requires efficient and high-performance propulsion systems for its sustainable Moon to Mars 
architecture. The mass allowances for lunar and Martian missions are especially stringent. Some missions 
may require propulsion system performance that exceeds currently available technology. Thus, the RDRE 
is a potentially game-changing development for NASA’s exploration goals. Test programs underway at 
Marshall Space Flight Center (MSFC) have completed long duration RDRE hot fires lasting up to 133 
seconds [2]. In this paper, the integrated performance of RDRE-powered spacecraft is assessed via system 
trades. The performance of two spacecraft will be evaluated, trading their conventional propulsion system 
for an RDRE. The performance gains and losses caused by this trade will be discussed in detail. The first 
spacecraft that will be discussed is the Liquid Mars Ascent Vehicle (L-MAV), a NASA in-house design for 
carrying soil samples to orbit from the Martian surface [3]. The second spacecraft that will be discussed is 
MIURA-1, a suborbital sounding rocket developed by Payload Aerospace S.L. (PLD Space) [4]. 

LIQUID MARS ASCENT VEHICLE 

The L-MAV was designed by the Collaborative Modeling for 
Parametric Assessment of Space Systems (COMPASS) group at NASA. The 
design was intended for the Mars Sample Return Campaign (MSRC). The 
required wet mass was 637 lbm; however, the conventional bipropellant rocket 
powered design had a final wet mass of 756 lbm. Thus, the vehicle was 119 
lbm overweight, and alternate strategies were pursued for the MSRC. For this 
reason, the L-MAV is an attractive candidate for an RDRE trade, where utilizing 
an RDRE could result in significant mass savings. Additionally, since the L-
MAV is a NASA design, all design information is available in detail. A simplified 
model of the L-MAV is provided in Figure 2. 

The L-MAV design uses monomethyl hydrazine (MMH) for fuel and a 
mixture of 75% nitrogen tetroxide plus 25% nitric oxide (MON-25) for oxidizer. 
The propellants are stored in coaxial piston tanks. A solid propellant gas 
generator system is used to apply pressure to the piston and drive propellant 
out of the tank. The tanks are constructed of laminated carbon fiber-reinforced 
polymer matrix composite, with aluminum endcaps. The tanks were designed 
with a safety factor of 1.5. For cost-savings, the 1st stage and 2nd stage have 
identical tanks. The engine is a single use ablatively cooled design. An 
overview of the L-MAV design parameters is provided in Table 1. All dry 
masses are provided with an added 30% mass growth allowance per NASA 
and AIAA guidelines. 

Figure 1: Simplified diagram of RDRE concept [1] 

Figure 2: Simplified L-
MAV design model [3] 
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The ground rules for this system trade are: 
 

1. The design shall be optimized for 
minimum mass. For fair comparison, this 
optimization will be performed for the 
conventionally powered L-MAV, and an 
RDRE powered L-MAV. The results will 
be compared to evaluate how much 
mass reduction can be directly attributed 
to the RDRE. 

2. Engine envelope must not exceed the 
original design’s engine envelope. 

3. The 1st and 2nd stages shall use identical 
propellant tank dimensions, pressures, 
and propellant loads, as in the original 
design. 

4. Mixture ratio, tank diameter, injector 
pressure drop, and feed system pressure 
drop are held constant at the baseline 
values. 

5. Tank pressure, tank length, tank mass, 
engine mass, pressurant mass, and 
propellant mass are allowed to vary. 

6. Minimum RDRE mean chamber diameter 
of 1 inch. 

 
Several models are used to assess the L-MAV 
performance. These models are described below 
. 

CONVENTIONAL ROCKET PERFORMANCE MODEL 

The L-MAV conventional rocket engine’s performance is modeled using Chemical Equilibrium with 
Applications (CEA) [6]. The combustion heat released per mass of reactant (heat of reaction) is calculated 
using CEA’s constant-enthalpy and constant-temperature reaction models, which assume complete 
combustion. This value is then multiplied by a thermal efficiency and added to the reactant mixture enthalpy 
to get an effective chamber enthalpy. The thermal efficiency is analogous to combustion efficiency, but it 
also accounts for heat losses to the ablatively cooled chamber walls. CEA’s rocket model can then be used 
with this chamber enthalpy to model the rocket performance. The chamber pressure, mixture ratio, and 
nozzle area ratio are input to the model. The Martian atmosphere’s effect on engine performance is 
neglected, vacuum operation is assumed. The engine specific impulse and characteristic velocity are 
calculated using a weighted average of the CEA results, with 1/3 weight applied to the result where flow 
composition is assumed frozen at the throat, and 2/3 weight is applied to the result where flow composition 
is assumed to be at equilibrium throughout the nozzle.  

The engine’s thermal efficiency is assumed to be 80%, as this results in a 325 second vacuum 
specific impulse at a 150:1 nozzle area ratio. The model predicts that the characteristic velocity at this 
condition is 5398 ft/sec. Note that, since CEA does not model chamber heat losses, the combustion 
efficiency used here is not a true combustion efficiency. Rather, it is a measure of how much available 
reaction energy is spent to produce thrust. Using the CEA results for specific impulse and characteristic 
velocity, the thrust is calculated using Eqn 1. 

 
 

𝐹𝐹 =
𝑔𝑔𝑐𝑐𝑃𝑃𝑐𝑐𝐴𝐴𝑡𝑡𝐼𝐼𝑠𝑠𝑠𝑠

𝐶𝐶∗
 Eqn 1 

 

Parameter Stage 1 Stage 2 
Thrust 900 lbf 300 lbf 
Specific Impulse 325 sec 325 sec 
Mixture Ratio 2.2 O/F 2.2 O/F 
Nozzle Area Ratio 150 150 
Throat Diameter 0.86” 0.50” 
Chamber Pressure 800 psia 800 psia 
Tank Pressure 1300 psia 1300 psia 
Injector ΔP 400 psid 400 psid 
Feed System ΔP 100 psid 100 psid 

Engine Envelope 18.6” long, 
10.7” dia. 

9.9” long, 
10.7” dia. 

Tank Mass 35.9 lbm 35.7 lbm 
Engine Mass 9.9 lbm 6.2 lbm 
Pressurant Mass 7.9 lbm 10.1 lbm 
Other Mass (i.e. 
avionics, payload) 29.3 lbm 116.2 lbm 

Usable Propellant 247.6 lbm 246.0 lbm 
Unusable 
Propellant 2.6 lbm 8.6 lbm 

Total Mass 333.3 lbm 422.8 lbm 

Table 1: Design information used for Liquid Mars 
Ascent Vehicle trade study 
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Where: 
𝐹𝐹 = Thrust 
𝑔𝑔𝑐𝑐 = Unit conversion factor for English units (32.174 lbm-ft/lbf/s2) 
𝑃𝑃𝑐𝑐 = Chamber pressure 
𝐴𝐴𝑡𝑡 = Throat area 
𝐼𝐼𝑠𝑠𝑠𝑠 = Specific impulse 
𝐶𝐶∗ = Characteristic velocity 
 

RDRE PERFORMANCE MODEL 

RDRE performance is modeled using a reduced-order cycle code, developed in-house at Glenn 
Research Center [7].  A public version of this code is maintained by the authors of this study and is available 
on the NASA Software Catalog (https://software.nasa.gov/software/LEW-20423-1). This cycle code has 
been previously reported in detail. A brief description is provided here. 

The cycle code simplifies the exhaust gas mixture into a calorically perfect ideal gas. The reactant 
mixture’s specific gas constant (R) is used. The specific heat ratio (γ) is determined by first simulating an 
ideal Atkinson cycle using thermodynamic data from CEA. In this CEA calculation, the specific heat ratio is 
allowed to vary. Then, an ideal Atkinson cycle is simulated using isentropic flow equations with constant 
specific heat ratio. An iterative procedure is used to calculate the specific heat ratio that results in the same 
specific impulse between the two methods. The heat of reaction is calculated using the same method 
described for the conventional rocket performance model. 

A radial slice of the RDRE chamber is simulated as a lumped volume. When the detonation wave 
passes over this slice, the reaction heat is released instantaneously. A constant volume calculation 
determines the post-detonation total pressure and total temperature in the chamber. A blowdown process 
is then simulated by numerically integrating the time dependent continuity and energy equations using a 
two-step Runge-Kutta method. A wall heat transfer model estimates the thermal energy loss to the chamber 
walls. The chamber refill process is simulated based on user-input information on the manifold pressure 
and the injector pressure loss. The manifold pressure minus the injector pressure loss is referred to as the 
initial pressure. Further detail is provided in Section II of [7]. 

The RDRE chamber dimensions are described using three parameters. Hub-to-tip ratio is the ratio 
of the annulus inner diameter over the annulus outer diameter (Eqn 2). Chamber aspect ratio is the chamber 
length divided by the channel hydraulic diameter, namely, 2x the detonation channel width (Eqn 3). Mean 
diameter is the average of the annulus inner and outer diameters (Eqn 4). The limits of hub-to-tip ratio and 
chamber aspect ratio are not well understood for RDREs. Lower hub-to-tip ratios increase the throat area, 
enabling more thrust for a given initial pressure and mean 
diameter. Lower aspect ratios reduce the available surface 
area for heat losses for a given mean diameter. [22] provides 
an overview of experimental liquid bipropellant RDE 
configurations, including chamber dimensions, that have 
been ran successfully. For the L-MAV study, the hub-to-tip 
ratio is assumed to be 0.8, and the aspect ratio is assumed 
to be 5. 

RDRE Cycle Code 
Input Value Used 

Specific Heat Ratio 1.2360 
Heat of Reaction 9939 BTU/lbm 
Specific Gas Constant 61 ft-lbf/lbm/°R 
Hub-to-Tip Ratio 0.80 
Chamber Aspect Ratio 5 
Wall Temperature 2500 °R 
Throat Area Ratio 0.80 
Exhaust Prandtl 
Number 0.7 

Combustion Efficiency 97% 
Initial Temperature 540 °R 

 [ℎ/𝑡𝑡]𝑐𝑐ℎ𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎 =
𝐷𝐷𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖
𝐷𝐷𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜

 Eqn 2 

 𝐴𝐴𝑅𝑅𝑐𝑐ℎ𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎 =
𝐿𝐿𝑐𝑐ℎ𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎

𝐷𝐷𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜 − 𝐷𝐷𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖
 Eqn 3 

 𝐷𝐷𝑚𝑚𝑚𝑚𝑚𝑚𝑚𝑚 =
1
2

(𝐷𝐷𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖 + 𝐷𝐷𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜) Eqn 4 

Table 2: RDRE cycle code settings for L-
MAV trade study 

https://software.nasa.gov/software/LEW-20423-1
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Where: 
ℎ/𝑡𝑡 = Hub-to-tip ratio 
𝐷𝐷 = Diameter 
𝐴𝐴𝐴𝐴 = Aspect Ratio 
𝐿𝐿 = Length 
 

The conventional L-MAV system is an expendable, ablatively cooled engine. The RDRE system is 
assumed to be the same. Based on prior experience with passively cooled in-space thrusters, the wall 
material is assumed to be a C-103 alloy at 2500 °R with material properties in Table 4. A nozzle heat 
transfer model, developed for the MIURA-1 trade study, showed that nozzle heat losses account for 5% of 
the total exhaust heat loss for the L-MAV. Chamber heat losses account for the remaining 95%. As such, 
nozzle heat losses are neglected for the L-MAV study. The cycle code settings used for the L-MAV trade 
study are provided in Table 2. 

NOZZLE GEOMETRY MODEL 

Since the engine envelope must not exceed the original design’s engine envelope, an accurate 
estimate of the nozzle contour is required. The converging section of the nozzle is assumed to follow a 30° 
wall angle. The diverging section of the nozzle is a parabolic Rao nozzle with a specified length, throat wall 
angle, and exit wall angle [5]. The diverging section length is calculated by initially setting the wall angle to 
15°. The length required to achieve the desired nozzle area ratio is calculated. Then, the true nozzle’s 
diverging section length is set equal to 80% of this value. The throat wall angle is set equal to 1/3 the 
Prandtl-Meyer angle of the nozzle exit Mach number. The exit wall 
angle is set according to Eqn 5. 
 

θ𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒 =
1
2
∗ sin−1 �

2
𝛾𝛾𝑀𝑀𝑒𝑒

2 cot (sin−1
1
𝑀𝑀𝑒𝑒

) � Eqn 5 

 
Where: 
𝜃𝜃𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒 = Exit wall angle 
𝑀𝑀𝑒𝑒 = Exit Mach number 
 
A parabolic contour is fit to the required length, throat wall angle, and exit wall angle. The nozzle geometry 
model was run at the L-MAV design point. An excellent agreement between the model length and actual 
length is shown in Table 3. For a given L-MAV configuration, the maximum possible nozzle area ratio that 
can fit within the engine envelope is used. This maximizes specific impulse. An example of the nozzle 
geometry model output is provided in Figure 4 and Figure 5. Note that the combustion chamber geometry 
is a user-input. 
 

MASS ESTIMATE MODEL 

The chamber and nozzle mass are calculated by integrating the wall thickness over the engine 
contour length. The required wall thickness is calculated using the circumferentially averaged pressure at 
each nozzle station, based on the isentropic nozzle equations and the chamber stagnation state. Note that 
for a conventional rocket engine, a circumferential average does not need to be calculated as the pressure 
at a given nozzle station is constant in time and space. For the outer body, a hoop stress calculation 
determines the wall thickness (Eqn 6). For the inner body, a buckling calculation determines the wall 
thickness (Eqn 7) [8]. 
 

 
𝜎𝜎ℎ𝑜𝑜𝑜𝑜𝑜𝑜 = 𝑃𝑃𝑥𝑥 ∗

𝐷𝐷𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜,𝑥𝑥
2 + 𝐷𝐷𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜,𝑥𝑥𝑡𝑡𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜,𝑥𝑥 + 𝑡𝑡𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜,𝑥𝑥

2  
𝐷𝐷𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜,𝑥𝑥𝑡𝑡𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜,𝑥𝑥 + 𝑡𝑡𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜,𝑥𝑥

2  
=
𝜎𝜎𝑦𝑦𝑦𝑦𝑦𝑦𝑦𝑦𝑦𝑦
𝐹𝐹𝐹𝐹

 Eqn 6 

 

Nozzle 
Length Stage 1 Stage 2 

Predicted 14.4” 8.3” 
Actual 14.1” 7.8” 
Error +2.1% +6.4% 

Table 3: L-MAV nozzle model 
validation 
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𝑃𝑃𝑏𝑏𝑏𝑏𝑏𝑏𝑏𝑏𝑏𝑏𝑏𝑏 = 0.35 ∗
𝐸𝐸

1 − 𝜈𝜈2
�

2 ∗ 𝑡𝑡𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖,𝑥𝑥

𝐷𝐷𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖𝑖,𝑥𝑥
�
2

= 𝑃𝑃𝑥𝑥 ∗ 𝐹𝐹𝐹𝐹 Eqn 7 

 
Where: 
𝜎𝜎 = Wall stress 
𝑃𝑃𝑥𝑥 = Pressure at an axial station 
𝐷𝐷𝑥𝑥 = Diameter at an axial station 
𝑡𝑡𝑥𝑥 = Wall thickness at an axial station 
𝐹𝐹𝐹𝐹 = Factor of safety 
𝐸𝐸 = Young’s Modulus 
𝜈𝜈 = Poisson’s ratio 
 

Scaling laws were developed for the remaining 
engine mass – that is, the injector head mass, valve mass, 
ablator mass, and any other components not captured by the 
nozzle and chamber mass. The chamber and nozzle masses 
were estimated for the baseline L-MAV using a minimum 
allowable wall thickness of 0.001” and a safety factor of 1.5. 
Using a very small minimum allowable wall thickness and 
safety factor produces an underestimate for the nozzle and 
chamber mass. This is done to make the assumed 
component mass conservatively high. The estimated 
chamber and nozzle mass were subtracted from the baseline 
L-MAV engine mass to produce an assumed component mass. The resulting mass breakdown is provided 
in Table 5. 

Since the engine is ablatively cooled, the ablator mass is assumed to scale linearly with the mass-
averaged chamber temperature. It should be noted that this is a very blunt estimate of the impact from 
exhaust heat transfer – for the L-MAV study, understanding the impact of heat transfer is low-priority due 
to its ablatively cooled expendable system. For this reason, the MIURA study investigates heat transfer 
effects in greater detail. The resulting scaling law for Stage 1 engine mass is listed in Eqn 8. The scaling 
law for Stage 2 engine mass is listed in Eqn 9. 

 
 

𝑚𝑚𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒,1 = 7.4[𝑙𝑙𝑙𝑙𝑙𝑙] ∗

⎝

⎛�
𝑇𝑇𝑐𝑐ℎ𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎,𝑚𝑚𝑚𝑚𝑚𝑚𝑚𝑚 𝑎𝑎𝑎𝑎𝑎𝑎,1

5600[°𝑅𝑅] � + �
𝑚̇𝑚1

2.8 �𝑙𝑙𝑙𝑙𝑙𝑙𝑠𝑠𝑠𝑠𝑠𝑠 �
�

⎠

⎞ + 𝑚𝑚𝑐𝑐ℎ𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎,1 + 𝑚𝑚𝑛𝑛𝑛𝑛𝑛𝑛𝑛𝑛𝑛𝑛𝑛𝑛,1 Eqn 8 

 

𝑚𝑚𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒,2 = 5.1[𝑙𝑙𝑙𝑙𝑙𝑙] ∗

⎝

⎛�
𝑇𝑇𝑐𝑐ℎ𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎,𝑚𝑚𝑚𝑚𝑚𝑚𝑚𝑚 𝑎𝑎𝑎𝑎𝑎𝑎,2

5600[°𝑅𝑅] � + �
𝑚̇𝑚2

0.9 �𝑙𝑙𝑙𝑙𝑙𝑙𝑠𝑠𝑠𝑠𝑠𝑠 �
�

⎠

⎞ + 𝑚𝑚𝑐𝑐ℎ𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎𝑎,2 + 𝑚𝑚𝑛𝑛𝑛𝑛𝑛𝑛𝑛𝑛𝑛𝑛𝑛𝑛,2 Eqn 9 

 
Since all L-MAV design information is known, the propellant tank mass can be estimated very 

accurately. Since the propellant tank diameter is held constant at the baseline value, the tank barrel length 
scales linearly with tank propellant load. The barrel thickness scales linearly with pressure. Some tank 
component masses are independent of pressure – i.e. pistons and mechanisms. The resulting scaling law 
for propellant tank pressure is listed in Eqn 10. 
 

 
  

Assumed Wall 
Material Properties Value Used 

Elastic modulus 24,500 ksi 
Yield strength 18,000 psi 
Poisson’s ratio 0.33 
Density 0.320 lbm/in3 
Safety factor 1.5 

Baseline Engine 
Mass Stage 1 Stage 2 
Chamber & 
nozzle mass, 
predicted 

2.5 lbm 1.1 lbm 

Total mass, 
actual 9.9 lbm 6.2 lbm 

Assumed 
component mass 7.4 lbm 5.1 lbm 

 
𝑚𝑚𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡 = 28.7[𝑙𝑙𝑙𝑙𝑙𝑙] ∗ �

𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝[𝑙𝑙𝑙𝑙𝑙𝑙]
252.4[𝑙𝑙𝑙𝑙𝑙𝑙]� �

𝑃𝑃𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡
1300[𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝]� + 3.4[𝑙𝑙𝑙𝑙𝑙𝑙] Eqn 

10 

Table 4: Engine material properties 
used for L-MAV trade study [9] 

Table 5: Baseline engine mass values 
used for L-MAV trade study [3] 
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The Stage 1 and Stage 2 propellant tank pressurant mass is estimated 
using a similar method in Eqn 11 and Eqn 12, respectively. 
 

 

TRAJECTORY MODEL 

At the design point, the required delta-V to achieve the desired orbit is 3907 m/s. A 1.5% flight 
performance reserve is bookkept for delta-V, increasing the design delta-V to 3966 m/s. A COMPASS 
trajectory analysis showed that over a limited range of thrust-to-weight ratios (TWR) for each stage, the 
required delta-V is a linear function of TWR. This linear relationship holds for Stage 1 TWR from 3.1 to 6.4, 
and Stage 2 TWR from 1.8 to 5.5. The lower TWR limit for this relationship is the design point for the 
conventional L-MAV. This produces a simple model for the delta-V required as a function of Stage 1 TWR 
and Stage 2 TWR in Eqn 13. This model includes the effect of Mars atmospheric drag. 
 
 

Δ𝑉𝑉𝑟𝑟𝑟𝑟𝑟𝑟 = 1.015 ∗ �3907 �
𝑚𝑚
𝑠𝑠
� − 31.8 �

𝑚𝑚
𝑠𝑠
� ∗ (𝑇𝑇𝑇𝑇𝑅𝑅1 − 3.13) − 53.9 �

𝑚𝑚
𝑠𝑠
� (𝑇𝑇𝑇𝑇𝑅𝑅2 − 1.85)� Eqn 13 

 
Designs with TWR outside of this range are out of the scope of this trade study. Note that TWR is calculated 
using Mars surface gravity. The delta-V delivered by the L-MAV is calculated using the rocket equation. 
The wet and dry masses for each stage are calculated using the mass estimate models (Eqn 14-Eqn 17). 
 
 

𝑚𝑚𝑑𝑑𝑑𝑑𝑑𝑑,2 = 𝑚𝑚𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡 + 𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝,2 + 𝑚𝑚𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒,2 + 124.8[𝑙𝑙𝑙𝑙𝑙𝑙] Eqn 14 

 
𝑚𝑚𝑤𝑤𝑤𝑤𝑤𝑤,2 = 𝑚𝑚𝑑𝑑𝑑𝑑𝑑𝑑,2 + (𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 − 8.6[𝑙𝑙𝑙𝑙𝑙𝑙]) Eqn 15 

 
𝑚𝑚𝑑𝑑𝑑𝑑𝑑𝑑,1 = 𝑚𝑚𝑤𝑤𝑤𝑤𝑤𝑤,2 + 𝑚𝑚𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡 + 𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝,1 + 𝑚𝑚𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒,1 + 31.9[𝑙𝑙𝑙𝑙𝑙𝑙] Eqn 16 

 
𝑚𝑚𝑤𝑤𝑤𝑤𝑤𝑤,1 = 𝑚𝑚𝑑𝑑𝑑𝑑𝑑𝑑,1 + (𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 − 2.6[𝑙𝑙𝑙𝑙𝑙𝑙]) Eqn 17 

 
Note that the mass and delta-V equations are coupled with the scaling laws and performance models 
described above. An iterative procedure is used to calculate the gross liftoff mass (GLOM) for any particular 
L-MAV configuration. 
  

𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝,1 = 7.9[𝑙𝑙𝑙𝑙𝑙𝑙] ∗ �
𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝[𝑙𝑙𝑙𝑙𝑙𝑙]
252.4[𝑙𝑙𝑙𝑙𝑙𝑙]� �

𝑃𝑃𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡
1300[𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝]� Eqn 11 

𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝,2 = 10.1[𝑙𝑙𝑙𝑙𝑙𝑙] ∗ �
𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝[𝑙𝑙𝑙𝑙𝑙𝑙]
252.4[𝑙𝑙𝑙𝑙𝑙𝑙]� �

𝑃𝑃𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡
1300[𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝]� Eqn 12 

Baseline Tank 
Properties Value 

Barrel mass 28.7 lbm 
Component 
mass 3.3 lbm 

Design pressure 1,300 psia 
Design 
propellant load 252.4 lbm 

Table 6: L-MAV baseline 
propellant tank properties [3] 
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L-MAV TRADE STUDY RESULTS 

Per the system trade ground rules, the conventionally powered L-MAV system was optimized for 
minimum GLOM. A parametric sweep was performed on all parameters in the trade space. The tank 
pressure and throat diameters are the independent variables. If these values are known, then all other 
parameters can be calculated using the models described above. The minimum GLOM achieved for each 
tank pressure evaluated is shown in Figure 3. The results show that the optimal propellant tank pressure 
for a conventionally powered L-MAV is 740 psia. The GLOM as a function of throat diameter at 740 psia 
tank pressure is shown in Figure 17 in the appendix. At the optimal point, the 1st stage TWR is maximized 
to minimize gravity losses. This requires the largest possible throat diameter, which reduces the nozzle 
area ratio. The 2nd stage uses the smallest possible throat diameter to maximize the nozzle area ratio. 
Further optimization may be possible if the allowable TWR range is expanded, but this is outside the scope 
of this trade study. The optimal point GLOM is 643 lbm for the conventionally powered L-MAV. This is 6 
lbm greater than the required GLOM of 637 lbm. Thus, even after optimizing for minimum mass, a 
conventionally powered L-MAV cannot meet the design requirements. 

Next, the RDRE powered L-MAV system 
was optimized for minimum GLOM. A parametric 
sweep was once again performed on all 
parameters in the trade space. The tank pressure 
and mean chamber diameters are the 
independent variables. The minimum GLOM 
achieved for each tank pressure evaluated is 
shown in Figure 3. The results show that the 
optimal propellant tank pressure for an RDRE 
powered L-MAV is 680 psia. The GLOM as a 
function of RDRE mean chamber diameter at 680 
psia tank pressure is shown in Figure 18 in the 
appendix. As was the case for the conventional L-
MAV, the optimal point has the 1st stage TWR 
maximized to minimize gravity losses, and the 2nd 
stage has the nozzle area ratio maximized to 
maximize specific impulse. The optimal point 
GLOM is 591 lbm for the RDRE powered L-MAV. 
This is 46 lbm below the required GLOM of 637 
lbm. Thus, an RDRE powered L-MAV meets the 
design requirements. 

The optimization results are compared in Table 8. Increasing TWR reduced the required ΔV for 
both the optimized L-MAVs. Therefore, mass savings due to increased thrust cannot be solely attributed to 
the RDRE. However, the propellant tank mass is significantly reduced for the RDRE optimized L-Mav. Using 
an RDRE reduced the propellant tank mass significantly, due to the lower tank pressures enabled by 
pressure gain combustion. Therefore, mass savings due to reduced tank pressure can be attributed to the 
RDRE. The lower inert mass reduced the amount of propellant needed to meet the ΔV requirement. The  
RDRE geometry required a lower nozzle area ratio to fit within the engine envelope. This reduced specific 
impulse compared to the baseline L-MAV; however, this was balanced by the RDRE’s increased 
combustion efficiency. The RDRE powered L-MAV achieved a 165 lbm mass reduction over the baseline 
design. Based on the optimization comparison, 52 lbm of this mass reduction can be directly attributed to 
the usage of an RDRE. 
 
 
 
 
 
 
 

Parameter Stage 1 Stage 2 
Thrust 1,450 lbf 230 lbf 
Initial pressure 180 psia 180 psia 
Nozzle area ratio 41.0 113.7 
Mean diameter 2.8” 1.1” 
Specific impulse 321.8 sec 330.4 sec 

Wall heat loss 1,200 
BTU/sec 

219 
BTU/sec 

Wall heat loss as 
percent of total 
reaction heat 

8.8% 10.3% 

Combustion chamber 
channel width 0.31” 0.12” 

Combustion chamber 
length 3.1” 1.2” 

Detonation frequency 12,400 Hz 31,500 Hz 

Table 7: Model outputs for engine performance in 
optimized RDRE L-MAV. Engine geometry is shown 

in Figure 3 and Figure 4. 
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Table 8: Comparison of different L-MAV configurations 

Parameter Baseline L-
MAV 

Optimized 
Conventional 

L-MAV 
Optimized 

RDRE L-MAV 

Required ΔV 13,011 ft/sec 12,692 ft/sec 12,678 ft/sec 
Total propellant load 504.8 lbm 432.5 lbm 389.0 lbm 
Total tank mass (incl. pressurant) 89.7 lbm 43.7 lbm 37.3 lbm 
Total engine mass 16.1 lbm 21.7 lbm 19.5 lbm 
Gross liftoff mass 756.2 lbm 643.4 lbm 591.3 lbm 
Mass margin -119.2 lbm -6.4 lbm +45.7 lbm 

 

 

Figure 3: Optimized GLOM as a function of tank pressure for a conventional or RDRE powered L-MAV  
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Figure 4: Optimized L-MAV stage 1 engine 
geometry 

Figure 5: Optimized L-MAV stage 2 engine 
geometry 
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MIURA-1 

MIURA-1 is a suborbital sounding rocket developed by Payload Aerospace S.L. 
(PLD Space). MIURA-1 is a single stage pressure-fed design powered by kerosene and 
liquid oxygen. Pressure is provided by helium stored in a composite overwrapped 
pressure vessel (COPV). It is intended to carry up to 200 lbm of science payload on a 
suborbital trajectory. PLD space performed a test flight on October 7, 2023 which the 
company stated met all test objectives. MIURA-1 exhibits desirable characteristics for an 
RDRE trade. For one, its conventional TEPREL-B propulsion system puts out 6,800 lbf of 
sea level thrust, which is a similar thrust class to the RDRE demonstrators run on test 
stands to date [2]. Unlike the L-MAV, MIURA-1 has been built and flown, and is designed 
to be recovered and reused. MIURA-1 lifts off from Earth sea level under ambient 
atmospheric conditions, meaning the pressure gain combustion achieved by an RDE 
provides a more potent efficiency gain compared to vacuum conditions. Most significantly 
for this study, the conventional rocket engine (TEPREL-B) is regeneratively cooled. This 
provides an excellent opportunity to evaluate the integrated performance of a 
regeneratively cooled kerolox RDRE. 

An overview of known MIURA-1 design information is provided below. All 
information in Table 9 is provided by PLD Space in their public materials [4]. Information 
in Table 10 is calculated from public information. The propellant flow rates are calculated 
from the reported thrust, specific impulse, and mixture ratio. The flow rates are multiplied 
by the reported burn time to calculate the usable propellant load. The supply delta-P 
describes the pressure drop from the propellant tanks to the combustion chamber. This 
delta-P includes all feed system and injector pressure losses.  
 
 The ground rules for this system trade are as follows: 
 

1. RDRE thrust shall be held constant at the 6,800 lbf baseline sea level value. 
2. Tank diameter, injector pressure drop, and feed system pressure drop are held constant at the 

baseline values. 
3. Tank pressure, tank length, tank mass, engine mass, pressurant mass, and propellant mass are 

allowed to vary. 
 
 
   

Parameter Known Value 
Thrust (sea level) 6,800 lbf 
Specific impulse 240 sec 
Mixture ratio 2.35 O/F 
Engine burn time 122 sec 
Chamber pressure 320 psia 
Diameter 27.5” 
Total wet mass 5,620 lbm 
Fuel tank pressure 390 psia 
Fuel tank volume 600 L 
Oxid tank pressure 520 psia 
Oxid tank volume 1000 L 
Oxid tank temperature 164 °R 
Helium COPV volume 260 L 
Helium COPV pressure 6,000 psia 

Parameter Calculated Value 
Fuel Flow Rate 8.44 lbm/sec 
Usable Fuel Load 1,030 lbm 
Fuel Supply ΔP 70 psid 
Oxid Flow Rate 19.8 lbm/sec 
Usable Oxid Load 2,420 lbm 
Oxid Supply ΔP 200 psid 
Ullage Volume Fraction 4% 
Total Inert Mass 
(excluding payload) 1,950 lbm 

Total Usable Propellant 3,450 lbm 

Figure 6: 
MIURA-1 [4] 

Table 9: Publicly available baseline MIURA-1 
design information 

 
Table 10: Additional MIURA-1 information, 

calculated from Table 9 
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REGENERATIVE COOLING MODEL 

A regenerative cooling 
jacket model was developed 
for trading an RDRE with the 
TEPREL-B rocket engine. The 
regen jacket model solves for 
the coolant temperature rise 
and pressure drop through 
rectangular cooling channels in 
the combustion chamber and 
nozzle walls. The model 
simultaneously solves for the 
exhaust temperature and 
pressure decrease through the 
combustion chamber and 
nozzle. The performance of 
regeneratively cooled RDREs 
is the primary focus of the 
MIURA-1 trade, therefore the 
regenerative cooling model is 
necessarily complex. An overview is provided here, but it is not exhaustive of every detail. 

The exhaust and coolant flows are modeled as 1-dimensional by marching along the engine axis 
and solving for temperature and pressure changes. The combustion chamber and nozzle are discretized 
axially into stations. The curved walls are simplified into multiple flat, trapezoidal panels. These panels are 
drawn in-between the axial stations, and are centered on the cooling channels, i.e. a jacket with 4 cooling 
channels will have 4 panels per station, giving a square cross-section. The nozzle geometry model 
previously described for the L-MAV is used to calculate the nozzle contour. The hot wall temperature, cold 
wall temperature, and fluid temperature are assumed to be uniform throughout a panel. The coolant channel 
dimensions and wall temperatures are allowed to vary from station to station. The flow conditions are 
assumed to be identical for all channels at a given nozzle station. 

The hot wall heat flux at each axial station is calculated using a modified Bartz [10] correlation. This 
correlation was identified in [11], which describes a similar regenerative cooling model. 

 𝑞̇𝑞𝑤𝑤𝑤𝑤𝑤𝑤𝑤𝑤𝑤𝑤 = ℎ𝑔𝑔 ∗ �𝑇𝑇𝑔𝑔 − 𝑇𝑇ℎ𝑤𝑤� =
𝑘𝑘𝑙𝑙𝑙𝑙𝑙𝑙
𝑡𝑡𝑙𝑙𝑙𝑙𝑙𝑙

∗ (𝑇𝑇ℎ𝑤𝑤 − 𝑇𝑇𝑐𝑐𝑐𝑐) Eqn 18 

 ℎ𝑔𝑔 =
𝑘𝑘𝑔𝑔

𝐷𝐷ℎ𝑦𝑦𝑦𝑦,𝑔𝑔
∗ 0.026 ∗ 𝑅𝑅𝑒𝑒𝑔𝑔0.8𝑃𝑃𝑃𝑃𝑔𝑔0.4 ∗ �

𝜌𝜌𝑔𝑔 + 𝜌𝜌𝑔𝑔,ℎ𝑤𝑤

2𝜌𝜌𝑔𝑔,0
�
0.8

∗ �
𝜇𝜇𝑔𝑔 + 𝜇𝜇𝑔𝑔,ℎ𝑤𝑤

2𝜇𝜇𝑔𝑔,0
�
0.2

 Eqn 19 

Where: 
𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆 𝑔𝑔 = Exhaust gas 
𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆 0 = Stagnation properties 
𝐷𝐷ℎ𝑦𝑦𝑦𝑦  = Hydraulic diameter 
𝑘𝑘  = Thermal conductivity 
𝑅𝑅𝑅𝑅  = Reynolds number 
𝑃𝑃𝑃𝑃  = Prandtl number 
𝜌𝜌  = Density 
𝜇𝜇  = Dynamic viscosity 
 
The resulting heat load is used to calculate the net exhaust heat loss as the flow marches from station to 
station. Exhaust viscosity, thermal conductivity, and specific heat are calculated using CEA. Exhaust 
density is calculated assuming an ideal gas. The Mach number, static pressure, and static temperature are 
calculated at each station from the nozzle area ratio and stagnation conditions. The stagnation conditions 
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Figure 7: Geometry diagram showing a coolant channel cross section for 
the regenerative cooling jacket model 
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are updated as the flow marches along using a quasi-1-dimensional frictionless flow model (Eqn 20 and 
Eqn 21). A flowchart of the exhaust calculation is provided in Figure 19. 

 Δ𝑇𝑇𝑔𝑔,0 =
𝑄̇𝑄𝑤𝑤𝑤𝑤𝑤𝑤𝑤𝑤𝑤𝑤
𝑚̇𝑚𝑔𝑔𝑐𝑐𝑝𝑝,𝑔𝑔

 Eqn 20 

 Δ𝑃𝑃𝑔𝑔,0 = −𝑃𝑃𝑔𝑔,0 ∗
𝛾𝛾𝑀𝑀2 ∗ Δ𝑇𝑇𝑔𝑔,0

2𝑇𝑇𝑔𝑔,0
 Eqn 21 

Where: 
𝑀𝑀 = Mach number 
𝑐𝑐𝑝𝑝 = Specific heat 
 

The exhaust calculation produces the wall heat flux as a 
function of axial position in the combustion chamber and nozzle. 
When simulating a conventional propulsion system, the exhaust 
calculation only needs to be performed once for the steady-state 
chamber conditions. When simulating an RDRE, the time 
dependent nature of the exhaust flow must be accounted for. The 
RDRE performance code discussed previously is used to 
calculate the time dependent RDRE chamber conditions. The 
exhaust marching calculation is repeated at each time step to 
calculate wall heat flux as a function of both axial position and 
time. The RDRE performance code includes its own heat transfer 
correlation. An iterative procedure scales this heat transfer 
correlation until the time-averaged heat load simulated by the 
performance code matches the time-averaged heat load 
calculated by the exhaust marching calculation, thus closing 
conservation of energy between the two models. A flowchart of 
this solution process is provided in Figure 8.  

 The cold wall heat flux adsorbed by each trapezoidal 
panel is calculated using a Sieder-Tate [12] correlation (Eqn 23). 
The channel ribs are treated as finned heat transfer surfaces with 
adiabatic tips (Eqn 24). The closeout wall is treated as adiabatic. 
 

 
Where: 
𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆𝑆 𝑐𝑐 = Coolant 
𝐴𝐴𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡  = Area of trapezoidal panel being evaluated 
𝐿𝐿𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡  = Length of trapezoidal panel being evaluated 
𝐴𝐴𝑙𝑙𝑙𝑙𝑙𝑙  = Area of cold wall ligament 
  

𝑞̇𝑞𝑤𝑤𝑤𝑤𝑤𝑤𝑤𝑤𝑤𝑤𝐴𝐴𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡 =
𝑘𝑘𝑙𝑙𝑙𝑙𝑙𝑙
𝑡𝑡𝑙𝑙𝑙𝑙𝑙𝑙

∗ (𝑇𝑇ℎ𝑤𝑤 − 𝑇𝑇𝑐𝑐𝑐𝑐) = ℎ𝑐𝑐𝐴𝐴𝑙𝑙𝑙𝑙𝑙𝑙(𝑇𝑇𝑐𝑐𝑐𝑐 − 𝑇𝑇𝑐𝑐) + 𝑄̇𝑄𝑓𝑓𝑓𝑓𝑓𝑓 Eqn 22 

ℎ𝑐𝑐 =
𝑘𝑘𝑔𝑔

𝐷𝐷ℎ𝑦𝑦𝑦𝑦 ,𝑐𝑐
0.027 ∗ 𝑅𝑅𝑒𝑒𝑐𝑐0.8𝑃𝑃𝑃𝑃𝑐𝑐

1
3 ∗ �

𝜇𝜇𝑐𝑐
𝜇𝜇𝑐𝑐𝑐𝑐

�
0.14

 Eqn 23 

𝑄̇𝑄𝑓𝑓𝑓𝑓𝑓𝑓 = tanh�𝐻𝐻𝑓𝑓𝑓𝑓𝑓𝑓 ∗ �
2ℎ𝑐𝑐

𝑘𝑘𝑙𝑙𝑙𝑙𝑙𝑙𝑡𝑡𝑟𝑟𝑟𝑟𝑟𝑟
� ∗ 𝐿𝐿𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡 ∗ �2ℎ𝑐𝑐𝑡𝑡𝑟𝑟𝑟𝑟𝑟𝑟 ∗ (𝑇𝑇𝑐𝑐𝑐𝑐 − 𝑇𝑇𝑐𝑐) Eqn 24 
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wall heat load 𝑄̇𝑄𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡 

Run RDRE cycle code to 
get RDRE performance 
and chamber conditions 

Calculate 𝑇𝑇ℎ𝑤𝑤(𝑥𝑥) 
using 𝑞̇𝑞(𝑥𝑥) 

Results 
converged? 

Yes 

No 

Calculate 𝑞̇𝑞(𝑥𝑥) 
using 𝑇𝑇ℎ𝑤𝑤(𝑥𝑥) 

Finished 

Re-run cycle code with heat transfer 
correlation updated to reflect wall heat 
load, and initial temperature updated to 

reflect regen jacket outlet conditions 

Figure 8: Flowchart of regenerative 
cooling model solution process. Further 
information is provided in Figure 19 and 

Figure 20 in the appendix. 
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The resulting heat load is used to calculate the coolant temperature rise across each panel. The coolant 
pressure drop across each panel is calculated using the Darcy-Weisbach equation. The coolant 
temperature and pressure are updated accordingly from station to station as the flow marches along the 
cooling channel. 

Cooling channel dimensions are optimized at each station. The number of channels (as measured 
at the throat) is a user input. The maximum allowable channel depth, minimum allowable rib thickness, 
minimum allowable channel width, and maximum allowable hot wall temperature are user inputs. For RDRE 
models, if more inner body channels are input than can fit in the aerospike, the jacket is bifurcated at the 
necessary location. The aerospike is truncated to 50% of its length to reduce the inner body wall area. Prior 
work on RDRE nozzles indicates that the truncation’s effect on engine performance can be neglected [13]. 
The model selects the cooling channel dimensions based on three criteria, listed in order of priority. First, 
the hot wall temperature cannot exceed the user input. Second, the channel aspect ratio – the channel 
depth over the channel width – is maximized for heat transfer efficiency. Third, the channel flow area is 
maximized to reduce the pressure drop. If a single commodity is used as coolant, the mass flow rate ratio 
for the outer vs. inner body is set according to the heat load ratio. A flowchart of the coolant calculation is 
provided in Figure 20. 

The regenerative cooling jacket model is critical to the MIURA-1 trade study. Given this, a 
significant model validation effort was performed using the RL-10 rocket engine as a benchmark. The RL-
10 regenerative cooling jacket dimensions and engine operating conditions were input to the model. To 
simulate conventional rocket engines, CEA is used in place of the RDRE cycle code within the regen model. 
The model’s predicted jacket temperature rise, 
jacket pressure loss, and exhaust specific impulse 
were compared to test data from hotfires conducted 
without the passively cooled nozzle extension [14]. 
The results show excellent agreement in Table 17, 
Figure 21, and Figure 22. 

GRCop-42 is used for the regen cooling 
jacket material due to its high thermal conductivity 
at high temperatures [16]. This limits the maximum 
hot wall temperature to 1800 °R. The minimum 
channel dimensions are limited to 0.010” based on 
the authors’ experience with minimum-size 
chemically etched cooling channels. The regen 
cooling jacket model settings for the MIURA-1 trade 
study are listed in Table 14. 

  

MASS ESTIMATE MODEL 

The regenerative cooling jacket mass is 
calculated from the geometry shown in 
Figure 7. The regen cooling model breaks 
the engine geometry into flat panels and 
outputs the full regen jacket geometry. 
This makes calculating the jacket mass 
simple. The closeout is assumed to be 
quarter inch thick stainless steel and is 
included in the jacket mass calculation. 
The regenerative cooling jacket model 
was run for the TEPREL-B rocket engine 
using the public information in Table 9. To 
match the cited TEPREL-B specific 

Parameter Value 
Combustion efficiency 91% (assumed) 
Specific impulse 240.0 sec 
Coolant flow rate 8.4 lbm/sec 
Number of channels 100 (assumed) 
Jacket pressure drop 4 psid 
Jacket temperature rise 570 °R 
Nozzle area ratio 4 (assumed) 
Exhaust exit pressure 14.7 psia 
Jacket mass 93 lbm 
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Figure 9: The TEPREL-B regen cooling jacket with closeout 
removed [20] (left) alongside the TEPREL-B geometry model 

used for the MIURA-1 trade study (right). 

Table 11: Baseline TEPREL-B performance and 
mass calculation 
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impulse, the combustion efficiency is assumed to be 91%. The settings listed in Table 14 were used for the 
TEPREL-B calculation. These are the settings used for the RDRE calculations, and so they are used for 
the TEPREL-B calculation to allow good comparison between the results. Note that these settings produce 
cooling channels that are likely thinner and have a higher aspect ratio than the true TEPREL-B cooling 
channels. The results of the TEPREL-B calculation agree with the public information and are shown in 
Table 11. The calculated TEPREL-B jacket mass is 93 lbm. The modeled geometry is shown in Figure 9. 
The TEPREL-B mass is not publicly available for anchoring this calculation. However, it agrees well with 
the mass of the SpaceX Kestrel rocket engine, a 114 lbm pressure-fed kerolox engine in the same thrust 
class [18]. 

 The propellant tank wall thickness is calculated using the 
simple hoop stress formula for thin-walled cylindrical pressure 
vessels [8]. The propellant tanks are modeled as cylindrical with 
hemisphere endcaps. A scaling law is used to calculate the required 
propellant tank volume in Eqn 25 (fuel) and Eqn 26 (oxidizer). The 
propellant tank mass is estimated using Eqn 28. The propellant tank 
mass was estimated for the baseline MIURA-1 design using the 
public information in Table 9. The calculation is shown in Table 12. 

𝑉𝑉𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝,𝑓𝑓𝑓𝑓 = 𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝,𝑓𝑓𝑓𝑓 ∗
600[𝐿𝐿]

1,030[𝑙𝑙𝑙𝑙𝑙𝑙]
 Eqn 25 

𝑉𝑉𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝,𝑜𝑜𝑜𝑜 = 𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝,𝑓𝑓𝑓𝑓 ∗
1000[𝐿𝐿]

2,420[𝑙𝑙𝑙𝑙𝑙𝑙]
 Eqn 26 

𝐻𝐻𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 =
𝑉𝑉𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝
𝜋𝜋𝑟𝑟2

−
4
3
𝑟𝑟 Eqn 27 

𝑚𝑚𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡 = 𝜋𝜋𝜋𝜋 �𝐻𝐻𝑐𝑐𝑐𝑐𝑐𝑐 ∗ ((𝑟𝑟 + 𝑡𝑡)2 − 𝑟𝑟2) +
4
3

((𝑟𝑟 + 𝑡𝑡)3 − 𝑟𝑟3)� Eqn 28 

 
Where: 
𝐻𝐻𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 = Height of propellant tank barrel 
𝑉𝑉𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 = Volume of propellant held by tank 
𝜈𝜈𝑢𝑢𝑢𝑢𝑢𝑢𝑢𝑢𝑢𝑢𝑢𝑢 = Ullage volume fraction (4% for MIURA-1) 
𝑟𝑟 = Tank inner radius (13.8” for MIURA-1) 
𝑡𝑡 = Tank wall thickness 
𝜌𝜌 = Tank wall density 
 

The helium COPV mass is calculated using the same method 
as the propellant tanks. The helium COPV is a carbon fiber overwrap 
with an aluminum liner. The aluminum liner is neglected. The COPV 
geometry is cylindrical with hemisphere endcaps. The initial COPV 
pressure and temperature is held constant at 6,000 psia, 68 °F. The tank volume is changed to vary the 
amount of helium in the tank. A scaling law is used to calculate the required COPV volume in Eqn 29. The 
total pressurant mass – including helium gas and COPV wall – is estimated using Eqn 28. The helium 
COPV and helium gas mass were estimated for the baseline MIURA-1. The calculation is shown in Table 
13. 

𝑉𝑉𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶 = 260[𝐿𝐿] ∗ �
𝑃𝑃𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓 ∗ 𝑉𝑉𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓 + 𝑃𝑃𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜 ∗ 𝑉𝑉𝑜𝑜𝑜𝑜𝑜𝑜𝑜𝑜

390[𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝] ∗ 600[𝐿𝐿] + 520[𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝] ∗ 1000[𝐿𝐿
� Eqn 29 

𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 = 𝑉𝑉𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝜌𝜌𝐺𝐺𝐺𝐺𝐺𝐺 + 𝜋𝜋𝜌𝜌𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶 �𝐻𝐻𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶 ∗ ((𝑟𝑟 + 𝑡𝑡)2 − 𝑟𝑟2) +
4
3

((𝑟𝑟 + 𝑡𝑡)3 − 𝑟𝑟3)� Eqn 30 

  

Parameter Value 
Wall material Aluminum 

6061-T6 
Wall yield 
strength [17] 39 ksi 

Wall density [17] 174 lbm/ft3 
Safety factor 1.5 
Calculated fuel 
tank mass 126 lbm 

Calculated oxid 
tank mass 270 lbm 

Parameter Value 

Wall material 
T800-H 

Carbon Fiber 
Composite 

Wall yield 
strength [19] 424 ksi 

Wall density [19] 113 lbm/ft3 
Safety factor 1.5 
Calculated 
COPV mass 58 lbm 

Helium density 3.54 lbm/ft3 
Calculated 
helium mass 33 lbm 

Table 12: Baseline MIURA-1 
propellant tank mass calculation 

Table 13: Baseline MIURA-1 
pressurant mass calculation 
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Where: 
𝑃𝑃 = Propellant tank pressures 
𝑉𝑉 = Propellant tank volumes 
 
The gross liftoff mass is estimated using Eqn 31. 
 

 𝑚𝑚𝐺𝐺𝐺𝐺𝐺𝐺𝐺𝐺 = 1,370[𝑙𝑙𝑙𝑙𝑙𝑙] + 𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 + 𝑚𝑚𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡,𝑓𝑓𝑓𝑓 + 𝑚𝑚𝑡𝑡𝑡𝑡𝑡𝑡𝑡𝑡,𝑜𝑜𝑜𝑜 + 𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 + 𝑚𝑚𝑗𝑗𝑗𝑗𝑗𝑗𝑗𝑗𝑗𝑗𝑗𝑗 + 𝑚𝑚𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 Eqn 31 

TRAJECTORY MODEL 

A simple model was developed for calculating the MIURA-1 trajectory in two dimensions. The 
trajectory model numerically integrates the velocity and acceleration vectors. The vehicle mass is 
numerically integrated assuming engine propellant consumption is constant. The forces due to gravity, 
thrust, and atmospheric drag are accounted for. The engine thrust is calculated using Eqn 32, which 
compensates for the performance increase at 
higher altitudes. 

𝐹𝐹 = 𝑚̇𝑚𝑒𝑒𝑔𝑔𝐼𝐼𝑠𝑠𝑠𝑠,𝑆𝑆𝑆𝑆 + (𝑃𝑃𝑒𝑒 − 𝑃𝑃𝑎𝑎𝑎𝑎𝑎𝑎)𝐴𝐴𝑒𝑒 Eqn 32 

Where: 
𝐼𝐼𝑠𝑠𝑠𝑠,𝑆𝑆𝑆𝑆 = Sea-level specific impulse 
𝑃𝑃𝑎𝑎𝑎𝑎𝑎𝑎 = Local ambient pressure 
𝐴𝐴𝑒𝑒 = Nozzle exit area 
 
Curves for atmospheric pressure and density 
are provided in the appendix (Figure 23 and 
Figure 24). The MIURA-1 drag coefficient is 
assumed to be 0.35. The trajectory model is 
validated by comparing its baseline MIURA-1 
performance predictions to those cited in the 
payload user’s manual [4]. The results in 
Figure 10 show acceptable agreement. 
 

REGENERATIVE COOLING ANALYSIS 

It should be noted that the results 
of the MIURA-1 trade study are highly 
dependent on the heat transfer 
calculations. The regenerative cooling 
jacket model’s predictions were validated 
using a conventional rocket model 
compared to RL-10 experimental data. 
Ideally, the RDRE model would be 
compared to experimental data as well. 
Both models use the same heat transfer 
correlations. However, experimental data 
for RDRE heat transfer is sparse. 
Therefore, there is significant uncertainty 
in the RDRE heat transfer calculations. 
The regen cooling jacket model settings for 
the MIURA-1 trade study are listed in Table 
14. 

Parameter Assumed Value 
Max allowable hot wall temperature 1,800 °R 
Min allowable rib thickness 0.010” 
Min allowable channel width 0.010” 
Max allowable channel depth 0.500” 
Max allowable kerosene temperature 1,100 °R 
Ligament thickness 0.030” 
Ligament thermal conductivity 330 W/m-K 
Channel wall roughness 1 μm 
Kerosene inlet temperature 430 °R 
Oxygen inlet temperature 166 °R 
Jacket material GRCop-42 
Jacket density 549 lbm/ft3 
Closeout material Stainless Steel 
Closeout density 490 lbm/ft3 
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Table 14: Regen cooling jacket model settings for MIURA-1 
trade study 

Figure 10: Trajectory model validation against cited 
MIURA-1 performance data [4] 
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For regenerative cooling schemes using 
kerosene, coking must be considered. For this 
study, the kerosene coolant is not allowed to 
exceed a coking limit of 1100 °R [21]. The 
combustion chamber must be sufficiently short 
so that the total heat load absorbed by the 
kerosene coolant does not result in a jacket outlet 
temperature exceeding 1100 °R. For RDREs, the 
combustion chamber should also respect the 
effective length limit. The effective length is the 
chamber length required such that the cycle is 
complete by the time the detonation wave has 
traveled around the chamber circumference. Its 
calculation and physical interpretation are 
discussed in [7]. In brief it correlates reasonably 
closely with 1.2-1.5 times the detonation height, 
where the flow field is almost entirely sonic or 
supersonic. The required combustion chamber 
length for an RDRE is a topic of active research; 
the optimal value is not known. However, it is 
believed that at minimum, the combustion 
chamber length cannot be below the effective 
length. 

 Using these limits, one can determine the 
feasibility of a kerosene regeneratively cooled 
RDRE. The regenerative cooling model and 
RDRE cycle code were used to run a parametric 
sweep across a range of hub-to-tip ratios and 
initial pressures. The mean combustion chamber 
diameter required to produce 6,800 lbf of thrust 
was calculated. Then, the required combustion 
chamber length such that the jacket outlet 
temperature is below 1100 °R was calculated. The 
jacket inlet temperature is set to 430 °R; any 
lower, and kerosene gelling must be considered. 
Nozzle area ratio was held constant at 5.0. Initial 
pressures were evaluated from 120 psia to 320 
psia. REFPROP was used to generate RP-1 fluid 
properties [15].  

 The results of the kerosene regeneratively cooled 6,800 pound thrust RDRE parameter sweep in 
Figure 11 show that hub-to-tip ratios greater than 0.74 are not feasible. Larger hub-to-tip ratios result in 
chamber lengths shorter than the effective length. Although the results show that kerosene-cooled RDREs 
can close thermally with chamber lengths greater than the effective length, these chambers are still very 
short – an effective length ratio of 1 typically corresponds to a chamber aspect ratio of about 1.5. Assuming 
that an RDRE of this length scale is feasible, a regen jacket was designed for each case. The jacket design 
is not optimized, and simply uses the maximum possible amount of cooling channels. This enables a 
qualitative comparison of the jacket pressure drop required to cool each RDRE configuration. The results 
are normalized to the minimum pressure drop across all cases, for comparison. The results show that as 
hub-to-tip ratio and initial pressure increase, the jacket pressure drop increases. 

 The results present a difficult situation for regeneratively cooled kerosene RDREs. The results 
show that, for a design which closes thermally, a short chamber and a low hub-to-tip ratio are required. [22] 
provides an overview of experimental liquid bipropellant RDE configurations that have been ran 
successfully, but the lower limits for these parameters are not known. Figure 11 shows that a longer 
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Figure 11: Parameter sweep results for kerosene 
regeneratively cooled 6,800 pound thrust RDRE 

effective length ratios. The effective length ratio is 
the chamber length divided by the effective length. 

Figure 12: Parameter sweep results for kerosene 
regeneratively cooled 6,800 pound thrust RDRE 

regen jacket pressure drop. 
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chamber can be achieved if the initial RDRE pressure is increased. However, even if the conventional 
TEPREL-B chamber pressure is used for the initial RDRE pressure, the effective length ratio is still less 
than 1.5. Additionally, the jacket pressure drop increases with hub-to-tip ratio and initial pressure. These 
factors suggest that, to increase the chamber length beyond the effective length for a kerosene cooled 
6,800 lbf RDRE, the supply pressure required will be too great to make an RDRE trade feasible. 

Alternative strategies are available for 
achieving longer RDRE chambers. The annulus 
configuration of an RDRE combustion chamber 
naturally lends itself to using both propellants to cool 
the chamber. One commodity can be used to cool the 
inner body, and the other commodity can be used to 
cool the outer body. By sharing the heat load with the 
liquid oxygen, the heat absorbed per mass of 
kerosene is reduced. The feasibility of regenerative 
cooling using liquid oxygen has been experimentally 
demonstrated in conventional rocket engines with 
copper jackets [23]. However, it is noted that these 
experiments had hot wall temperatures at 900 °R, 
below the assumed hot wall temperature for this 
study.  If the oxidizer is used to cool the outer body, 
then the kerosene only needs to cool the inner body 
and aerospike. Note that dual cooling is not 
necessary for the conventional TEPREL-B rocket 
engine since its jacket pressure drop and temperature 
rise (shown in Table 11) are already acceptably low 
when using kerosene. Another parametric sweep was run using this cooling scheme. REFPROP was used 
to generate LOX fluid properties [15]. The results of this dual commodity cooling parameter sweep are 
shown in Figure 13. The results indicate that using both commodities to cool the chamber results in a 4x 
increase in the chamber effective length ratio. Hub-to-tip ratios greater than 0.74 become possible. 
However, if liquid oxygen is used as a coolant, it must be kept above its critical pressure (732 psia). 
Otherwise, the fluid will boil in the coolant tubes. Running more fuel-rich is another strategy for reducing 
the heat load on the kerosene. A final parametric sweep found that reducing the mixture ratio to 1.90 results 
in a 2x increase in the chamber effective length ratio compared to the baseline 2.35 mixture ratio. 

Three cases were selected from the parametric sweeps. The first case uses kerosene cooling only, 
at a 0.70 hub-to-tip ratio and 160 psia initial pressure. The chamber aspect ratio for this case is 0.6. This is 
the highest aspect ratio that could be used without 
violating the coking limit. The 160 psia initial pressure 
was selected to respect the effective length limit – 
lower initial pressures were found to require chamber 
lengths below the effective length (seen in Figure 11).  
The second case uses dual commodity cooling, at a 
0.80 hub-to-tip ratio and 220 psia initial pressure. The 
chamber aspect ratio for this case is 2.6, which 
similarly is the largest value that could be used without 
violating the coking limit. The 220 psia initial pressure 
was selected because it produces a high specific 
impulse with a reasonable pressure drop. The third 
case reduces the mixture ratio to 1.90. This enables 
the chamber aspect ratio to increase to 5.0 without 
violating the coking limit. These three cases are used 
to perform the MIURA-1 RDRE trade. The RDRE 
geometry for each case is provided in Figure 25, 
Figure 26, and Figure 27 in the appendix.  
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Figure 13: Parameter sweep results for dual 
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To highlight why RDRE, regenerative cooling has such a significant impact on system performance, 
Figure 14 shows the model prediction for wall heat fluxes in the conventional TEPREL-B rocket engine, and 
in the dual cooled fuel rich RDRE. The peak heat flux is typically experienced by conventional rocket 
engines at the throat, where the flow is sonic. In an RDRE, the flow is sonic or near sonic throughout the 
entire combustion chamber. Additionally, the chamber temperatures are higher due to the nature of 
detonative combustion. The result is a peak RDRE wall heat flux about 1.6x greater than the conventional 
engine’s peak wall heat flux, despite the RDRE running more fuel rich. This peak heat flux is spread across 
the entire combustion chamber for an RDRE, whereas a conventional rocket engine experiences its peak 
heat flux only in a localized region near the throat. Thus, the cooling channels must absorb a larger amount 
of heat per wall surface area. This necessitates higher coolant velocities and correspondingly higher coolant 
pressure drops. Additionally, an RDRE chamber has a larger amount of surface area than a conventional 
chamber due to the annular detonation channel geometry. This further exacerbates the total heat load that 
an RDRE regen cooling jacket must handle. The high heat loads lead to performance losses due to wall 
heat losses. The high pressure drops require higher propellant tank pressures, increasing the propellant 
tank mass. This is why RDRE regenerative cooling has a significant impact on system performance. 

Table 15: Model outputs for three regenerative cooling analysis cases 

Parameter Kerosene Cooling 
Only 

Dual Commodity 
Cooling 

Dual Cooling With 
Reduced Mixture 

Ratio 
Thrust 6,800 lbf 6,800 lbf 6,800 lbf 
Initial pressure 160 psia 220 psia 220 psia 
Nozzle area ratio 5 5 5 
Mixture ratio 2.35 2.35 1.90 
Hub-to-tip ratio 0.70 0.8 0.8 
Chamber aspect ratio 0.6 2.6 5.0 
Mean diameter 5.50” 6.60” 6.84” 
Specific impulse 270.7 sec 265.4 sec 252.4 sec 
Wall heat loss as percent 
of total reaction heat 2.2% 6.5% 8.3% 

Chamber channel width 0.97” 0.73” 0.76” 
Chamber outer diameter 6.47” 7.33” 7.60” 
Chamber inner diameter 4.53” 5.87” 6.08” 
Chamber length 1.16” 3.80” 7.60” 
Detonation frequency 5,860 Hz 4,870 Hz 4,520 Hz 
Jacket mass 27 lbm 42 lbm 74 lbm 
Jacket heat load 2,166 BTU/sec 6,455 BTU/sec 8,040 BTU/sec 
Initial temperature 609 °R 958 °R 1,059 °R 
 Inner Outer Inner Outer Inner Outer 
Coolant Kerosene Kerosene Kerosene LOX Kerosene LOX 
Coolant flow rate 2.8 lbm/s 4.7 lbm/s 7.7 lbm/s 18.1 lbm/s 9.3 lbm/s 17.6 lbm/s 
Number of channels 724 826 920 772 954 800 
Inlet temperature 430 °R 430 °R 430 °R 166 °R 430 °R 166 °R 
Outlet temperature 1,043 °R 1,093 °R 1,093 °R 776 °R 1,085 °R 1,005 °R 
Jacket temperature rise 613 °R 663 °R 663 °R 619 °R 655 °R 839 °R 
Inlet pressure 780 psia 780 psia 358 psia 885 psia 306 psia 815 psia 
Outlet pressure 296 psia 232 psia 293 psia 738 psia 290 psia 735 psia 
Jacket pressure drop 484 psid 550 psid 65 psid 147 psid 16 psid 80 psid 



Distribution Statement A: Approved for public release; distribution is unlimited 19 
 

 MIURA-1 TRADE STUDY RESULTS 

  A parametric sweep was run on chamber 
pressure for the conventionally powered MIURA-1. 
This sweep sought to identify if the performance of 
the MIURA-1 system could be enhanced by 
increasing propellant tank pressure, thereby 
increasing the chamber pressure. This is similar to 
the optimization that was performed on the 
conventionally powered L-MAV. The optimal throat 
diameter and expansion ratio was solved for at each 
chamber pressure. The sweep found that the system-
level impacts of increasing the TEPREL-B chamber 
pressure result in reduced apogee and microgravity 
time if gross liftoff mass is held fixed. Therefore, since 
the baseline MIURA-1 already represents the optimal 
configuration, the RDRE configuration is compared to 
the baseline configuration. Figure 10 shows the 
trajectory model output for the conventional MIURA-
1. For good comparison, the model outputs for the 
RDRE MIURA-1 are compared to these model 
outputs for the conventional MIURA-1.  

 The predicted microgravity time for each 
MIURA-1 configuration is shown in Figure 15. All 
RDRE configurations achieve higher 
performance than the baseline. Figure 16 also 
shows the predicted apogee for each MIURA-1 
configuration. Higher propellant tank pressures are 
required when using an RDRE due to the regen 
jacket pressure drop. Despite this, there is a net 
performance gain from using an RDRE on this 
vehicle. These performance predictions were 
generated holding vehicle mass constant at 5,400 
lbm for all cases to compare performance. An 
alternate comparison can be drawn by holding the 
payload mass constant at 220 lbm. The apogee is 
held constant at 94.7 miles – this is the predicted 
apogee for the baseline MIURA-1 configuration. The 
total vehicle mass is allowed to vary to achieve this 
apogee. This enables comparison of the vehicle size required for each configuration to achieve a reference 
mission. The results for this reference mission are shown in Table 16. 

There is uncertainty in the optimal hub-to-tip ratio and chamber aspect ratio for an RDRE; this is why 
multiple RDRE configurations were examined. Of the three RDRE configurations examined, the dual cooled 
fuel rich RDRE is the most conservative (in terms of wall heat loss) because it uses the largest hub-to-tip 
ratio and chamber aspect ratio. Large hub-to-tip ratios correspond to smaller detonation channel widths. 
Large aspect ratios correspond to longer chambers for a given mean diameter. Both of these factors 
increase the amount of wall heat loss for a given thrust class, and therefore the most conservative case is 
the one with the largest hub-to-tip ratio and largest chamber aspect ratio. If vehicle mass is held constant 
at the 5,400 lbm baseline, then the dual cooled fuel rich RDRE MIURA-1 can achieve 12% more 
microgravity time than the baseline. If the payload mass is held constant at 220 lbm, then the dual cooled 
fuel rich RDRE MIURA-1 can be 8% shorter and 11% lighter than the baseline. 

  

Figure 15: Predicted microgravity time for each 
MIURA-1 configuration. Total vehicle mass 

(excluding payload) is 5,400 lbm for all cases.  
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Table 16: Vehicle length and mass reductions achieved by different MIURA-1 RDRE configurations for a 
reference mission. The reference payload is 220 lbm, and the reference apogee is 97.4 miles. 

Component Conventional 
TEPREL-B 

Kero Cooled 
RDRE 

Dual Cooled 
RDRE 

Dual Cooled 
Fuel Rich 

RDRE 
COPV barrel length 15.5” 11.3” 22.5” 15.6” 
Fuel barrel length 56.5” 33.7” 43.9” 53.5” 
Oxid barrel length 107.2” 65.6” 89.2” 81.6” 
Engine length 19.0” 8.4” 8.6” 8.9” 
Total vehicle length 500.0” 420.8” 466.0” 461.4” 
Length reduction N/A -15.8% -6.8% -7.7% 
Fuel tank pressure 390 psia 780 psia 360 psia 310 psia 
Oxid tank pressure 520 psia 520 psia 890 psia 740 psia 
Fuel tank mass 126 lbm 179 lbm 98 lbm 96 lbm 
Oxid tank mass 270 lbm 185 lbm 396 lbm 309 lbm 
Pressurant mass 91 lbm 80 lbm 107 lbm 91 lbm 
Jacket mass 93 lbm 27 lbm 42 lbm 74 lbm 
Usable propellant 3,450 lbm 2,290 lbm 2,857 lbm 2,878 lbm 
Total vehicle mass 
(excluding payload) 5,400 lbm 4,131 lbm 4,871 lbm 4,818 lbm 

Mass reduction N/A -23.5% -9.8% -10.8% 
 

SUMMARY AND CONCLUSIONS 

A system trade was presented which analyzed the vehicle-level impact of including a Rotating 
Detonation Rocket Engine (RDRE) as the propulsion for the Mars Sample Return Campaign (MSRC) Liquid 
Mars Ascent Vehicle (L-MAV). This trade focused on potential reductions in overall vehicle mass enabled 
by using an RDRE. The results showed that a L-MAV optimized to use an RDRE achieved a gross liftoff 
mass of 591 lbm. A similar analysis showed that a L-MAV optimized to use a conventional rocket engine 
achieved a gross liftoff mass of 643 lbm. Therefore, the use of an RDRE resulted in an an 8.1% mass 
reduction. This suggests there is a tangible system-level benefit to using an RDRE for highly mass-
constrained, in-space applications in the 300 to 1,500 lbf thrust class. The primary benefit identified for in-
space applications is the reduced propellant tank pressure enabled by pressure gain combustion. 

An additional system trade was presented which analyzed the vehicle-level impact of including an 
RDRE as the propulsion for the MIURA-1 sounding rocket. This trade focused on the implications of 
regeneratively cooling a 6,800 lbf kerolox RDRE. The results showed that RDRE regenerative cooling 
jackets experience high heat loads and high jacket pressure drops relative to a conventional rocket engine 
in the same thrust class. These issues can be mitigated by using both propellants for regenerative cooling, 
and by running more fuel rich. The results of the MIURA-1 trade showed that, holding total vehicle mass 
constant, an RDRE powered sounding rocket could achieve 12% more microgravity time than a 
conventionally powered sounding rocket. Alternately, holding payload mass and target apogee constant, 
an RDRE powered sounding rocket can be 8% shorter and 11% lighter than a conventional sounding rocket. 
These results suggest there is a tangible system-level benefit to using an RDRE for terrestrial applications 
in the 6,800 lbf thrust class. The primary benefit identified for terrestrial applications is the increased specific 
impulse enabled by pressure gain combustion. 
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FUTURE WORK 

 This work is planned to continue with further vehicle trade studies. The next vehicle trade study is 
tentatively planned to focus on turbopump-fed methalox systems. 
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APPENDIX 

 

Figure 17: Results of conventional L-MAV optimization for 740 psia tank pressure. 

 

Figure 18: Results of RDRE L-MAV optimization for 680 psia tank pressure. 
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Figure 19: Flowchart of exhaust flow calculation for 
regenerative cooling model, returning the hot wall heat flux 
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Figure 20: Flowchart of coolant flow calculation for regenerative cooling 
model, returning the hot wall temperature 
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Table 17: Regenerative cooling model validation for RL-10. Model predictions are compared to test data 
shown in [14] 

Mixture 
Ratio 

Chamber 
Pressure Parameter Predicted Value Actual Value [14] Error 

5.00 403 psia 
Jacket ΔT 240 °R 300 °R -60 °R 
Jacket ΔP 154 psia 174 psia -20 psia 
Specific Impulse 420.0 sec 421.7 sec -1.7 sec 

5.00 443 psia 
Jacket ΔT 284 °R 281 °R +3 °R 
Jacket ΔP 185 psia 183 psia +2 psia 
Specific Impulse 422.3 sec 423.2 sec -0.9 psia 

6.00 403 psia 
Jacket ΔT 337 °R 348 °R -11 °R 
Jacket ΔP 136 psia 161 psia -25 psia 
Specific Impulse 407.0 sec 416.9 sec -9.9 sec 

6.00 443 psia 
Jacket ΔT 325 °R 332 °R -7 °R 
Jacket ΔP 162 psia 167 psia -5 °R 
Specific Impulse 409.3 sec 417.5 sec -8.2 sec 

  

Figure 22: Regen cooling jacket model temperature 
rise validation against RL-10 test data at 450 psia 

chamber pressure and varying mixture ratio 

Figure 21: Regen cooling jacket model pressure 
drop validation against RL-10 test data at 450 psia 

chamber pressure and varying mixture ratio 
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Figure 23: Atmospheric density model 

 

 

Figure 24: Atmospheric pressure model 
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Figure 25: MIURA-1 kerosene cooled RDRE geometry 

 

Figure 26: MIURA-1 dual cooled RDRE geometry 
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Figure 27: MIURA-1 dual cooled fuel rich RDRE geometry 
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