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ABSTRACT

Following the first Nuclear Thermal Propulsion (NTP) system test, also known as DRACO,
the next NTP system to be developed would be the 1st Generation NTP system. An analysis was
conducted to determine the performance of different vehicle configurations utilizing hydrogen (H-
NTP), ammonia (A-NTP), and methane (M-NTP) as propellants launched onboard commercial
launch vehicles. This was enabled by a quasi-steady-state power balance engine model and vehicle
component physics that sized the vehicle system using Master Equipment List (MEL) parameters.
The analysis considered configuration cases outlined by a matrix of different mission classes and
vehicle configurations that covered the design space of the 1st Generation NTP system to explore
various propellant options, engine architectures, and mission scopes.

Four mission classes were evaluated which included single burn missions performing
maneuvers having a AV of 1 km/s and 2.5 km/s followed by 2-burn and 4-burn missions that aimed
to exhaust the launch vehicles volume or mass limitations. In all cases, the NTP systems with the
lowest thrust class had the longest burn time of which A-NTP and M-NTP systems provided the
longest and shortest burn times depending on the launch vehicle used while H-NTP systems tended
to cluster together in the middle. Longer burn times could be useful as a testing platform to
increase the time for data accumulation. Across the multi-burn cases, H-NTP systems were found
to be volume limited while A-NTP and M-NTP systems were mass limited. Both single burn
missions showed that A-NTP configurations provided the lowest dry mass given that ammonia had
the highest density with comparable performance to M-NTP systems and no requirement for
cryocoolers. The results showed that beyond the propellant selection type, the launch vehicle
selection, which included Starship, New Glenn, Vulcan, Falcon 9 (recoverable), and Falcon Heavy
(recoverable), was a primary driving factor in the test vehicle’s capabilities.

Trends were determined based on a set of dimensionless parameters that included the mass
ratio of inert mass to initial wetted mass, ratio of specific impulse to burn time, and a dimensionless
engine parameter (ratio of impulse to engine momentum). These relationships found the “knees-
in-the-curves” that could be a significant point of reference for the designer as they indicate a
change in the trend which is located at a specific impulse to burn time ratio of 1, a mass ratio of
0.6, and an engine performance parameter of 4. This study did not attempt to make a
recommendation rather provide the tools for the reader to select their own configuration based on
their needs.



I. INTRODUCTION/BACKGROUND

Nuclear Thermal Propulsion (NTP) is an in-space propulsion method which underwent
significant development in the United States 1950s through the early 1970s during the Project
Rover and Nuclear Engine for Rocket Vehicle Application (NERVA) programs. The goal of these
two programs was to create a propulsion system capable of transporting humans to Mars and
provide a reusable Lunar shuttle. Unlike chemical propulsion, NTP does not depend on combustion
of an oxidizer and fuel to produce thrust; instead, a propellant is pumped into a nuclear reactor and
heated to high temperatures before being expelled through a nozzle. Essentially, the NTP-based
engine is a monopropellant system [1]. This allows for the theoretical use of any fluid to be used
as a propellant if it is compatible with the neutronics inside the reactor and the materials do not
exhibit significant degradation throughout the useful life of the engine at the high temperatures
and pressures that are typically found inside the reactor core.

Current efforts are underway by NASA and DARPA to flight test the first NTP engine
which will be followed by the 1% Generation NTP engine system. This system is envisioned to be
tested both with a ground test capability and in a flight demonstration. Testing and associated
modeling and simulation must be sufficient that Generation 1 leads to a Generation 2 operational
NTP engine system. Generation 2 is envisioned to be the first mission-operational NTP system,
with applications in cis-Lunar space. From experience gained there, a human-rated Mars-capable
system could be developed.

Hydrogen is commonly considered as a propellant for NTP engines due to its low
molecular weight which maximizes the benefit of the monopropellant capability by maximizing
the achievable specific impulse (a measure of propellant efficiency in rocket engines). Hydrogen-
based NTP engines in literature have been referred to as H-NTP. Although hydrogen has some
favorable properties such as very low molecular weight and a critical point with relatively low
pressure and temperature (1.3 MPa and 33 K, respectively), it has high specific heat capacity and
low density, which exhibit drawbacks in both an engine and space transportation vehicle context,
respectively.

Alternate propellant NTP engines were considered to address hydrogen’s high specific heat
capacity and low density which included Ammonia-based NTP (A-NTP) [2] and Methane-based
NTP (M-NTP) engines [3]. However, these two propellants could have other drawbacks in the
form of required dissociation/thermolysis/pyrolysis energy which will drive the reactor power up
or chamber temperature down. This is especially a concern for methane where its kinetics are short,
and studies revealed that heavier compounds could be polymerized from methane radicals
remaining after partial pyrolysis. This is not as much of a concern for ammonia as its thermolysis
kinetics are long. Nevertheless, to capture the entire engine operating range in terms of specific
impulse, based on prior work [2-5], A-NTP range is assumed to be between 375 sec and 450 sec
while M-NTP range is assumed to be between 350 sec and 494 sec. M-NTP has a wider range
given a large breadth of potential species and resulting chamber temperatures that could result
from pyrolysis [3].

Il. SPACECRAFT ARCHITECTURE MODEL OVERVIEW

The methodology employed for evaluating NTP vehicle architectures begins with
determining the mission architecture along with the required AV, typically modeled in Copernicus
[6]. Engine performance estimates were obtained from a modular, propellant and cycle flexible
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high fidelity engine model coded in Simulink with coupled neutronics through OpenMC called the
X-NTP model which was documented in detail in previous work [2,4]. This model is capable of
not only providing steady state performance metrics but also quasi-steady-state engine
performance parameters that can be made to be functions of any other one parameter that is
outputted from the model. When the quasi-steady-state performance database is coupled with
temporal derivatives or relations between parameters, the quasi-steady-state database yields
transient engine performance which could be used inside an Architecture model which is used to
simulate and optimize the spacecraft and its architecture given a set of mission specified AV
values, payload drop schedule, and quasi-steady-state engine parameter datasets as well as
specified vehicle structure and methods of optimization [5]. Further development of this model
includes a Master Equipment List (MEL) that scales according to the stage size and launch vehicles
considered. This paper provides a detailed walkthrough of the MEL-integrated Architecture model
which is then used to perform an analysis on different engine/propellant configurations, launch
vehicles, and AV/number of burns for a flight test of a 1% Generation NTP engine. The considered
matrix of cases will be shown and discussed in Section III.

I1.A. Master Equipment List Physics Models

The Master Equipment List (MEL) is coded in MATLAB and has several modules that
support the calculations of the structural/dry mass of the vehicle. The modules that support the
MEL can be broken down into two types: (1) Physics Calculations and (2) Constants/Assumptions
set up. The MEL then incorporates these separate modules into a coherent model that runs
optimization based on the launch vehicle selection and orbit. This section breaks down these
modules and describes them followed by a description of their integration and use in the
Architecture model.

I1.A.1 Battery

The battery mass module takes the required power draw P.., and sizes the battery
accordingly to obtain the mass of the batteries m, ;. The first calculation is the determination of
the total degradation factor Dy based on the degradation rate Dy and the lifetime [ of the battery
\via Eq. 1. Using D, the useable capacity E,, can be found from B, power margin P, battery
efficiency 74, and the number of batteries n,,, through the relation shown in Eqg. 2. Then the
total capacity E,, is found by incorporating the battery discharge depth d; as shown in Eq. 3. The
power density p,,,, Which is the power per kilogram, is then used to find m,, as shown in Eq.
4. The assumed power densities and battery types that are implied are shown in Table 1.
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Table 1: Battery Types and Power Densities

Power Density

Battery Type (W-hr/kg)
Ni-CD 30
Ni-H2 60
Li-ion 125

I1.A.2 Bus Structure

The Bus Structure module is assumed to be the skirt that extends beyond the propellant
tank and houses various components for that stage with a single output that provides the mass of
the bus structure m,,s. The arguments that this module accepts are the launch vehicle selection
and number of docking ports. The bus structure is modeled as a solid body made of a selected
material (or a structure with openings and an average density) in the shape of an open cylinder
without end caps. The volume is found by using an assumed thickness thin-shelled cylinder which
can be converted into mass through a material density. Furthermore, if a stage docks at both ends,
there is a cylindrical bus at both ends and vice versa.

I1.A.3 Communications/Command & Data-Handling Systems/Guidance, Navigation, & Control

The Communications/Command & Data-Handling Systems/Guidance, Navigation, &
Control (C/CDH/GNC) module simply loads the setup parameters for the different components
and sums the different power levels to get the total power required. For the masses, each mass
Mg cpu/ane; 1S modified by the mass growth allowance MGA; (in percent) for each individual
component and all of them are summed together for the total mass of this system mc,cpu/ane,,,
as shown in Eq. 7.

n MGA,
M(C/CDH/GNCeor — Z [mC/CDH/GNCi (1 + 100 >]

=1

Eq. 7

[1.A.4 Cryogenic Fluid Management

The Cryogenic Fluid Management (CFM) module determines not only the subsystem mass
mcpy but also the cryocooler input power W,r,, and the heat Q.r5, that must be rejected by the
radiators. The total heat leak into the tank from structures and through the tank surface area is
estimated based on a detailed thermal model of the structural leak paths and as a function of the
tank surface area A, ..., and the CFM configuration (can be active, passive, or reduced boil-off)

[7]. This heat leak is the heat lift (Q7) required of the cryocoolers. There may be cryocoolers
operating at the tank surface, at a cooling layer embedded in the insulation system, or both. The
subscript T represents at which temperature the heat is being lifted. The heat lifted and the power
required at each cooling temperature is therefore summed to determine the total. The total heat
lifted by the cryocoolers (Qy;rreq) is calculated by Eq. 8. Cryocooler performance is characterized
by the input power needed per Watt of refrigeration power (P,.:,) at the operating cold
temperature. The power required for a cryocooler at a temperature T is calculated by Eq. 9.

The masses of the secondary cryogenic system components, multi-insultation layer (ML),
spray-on foam insulation (SOFI), and structural MLI are calculated using the setup parameters for
CFM. The secondary components mass mg includes an allocation for cryo-mixers m,,;, and
SENSOrs Mgensors aS Well as radio frequency mass gauging (RFMG) mypgy and tank support MLI
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mrspy With the formulation shown in Eq. 10. The mass of the actual MLI m,,,; is determined by
the number of MLI layers n,,,,, areal density of the MLI layers p,,; in kg/m?, and Agionr 8S

shown in Eq. 11. The mass of SOFI mg,; is determined by the thickness of SOFI t,r;, density
of SOFI psopy, and A, ., Which is shown in Eq. 12. The structural MLI mass myyy, ,..,,., depends

on the number of structural MLI layers ny ..., SPecific mass of the structural MLI pp; o,
inkg/m?, and A, . which is shown in Eq. 13. [7]

infted = Z (QT) Eq. 8

T=T,
WT = PratioTQT Eqg. 9
Mg = Mrrme T Mmix T Msensors + MrsmLr Eq. 10
Murr = MuLiPMLiAs pgnk Eqg. 11
Msorr = tsor1AsqnPsoFI Eq. 12
MMLIstryct = nMLIstructpMUstructAStank Eq. 13

The CC masses, W¢ry, and Qcrp, are calculated depending on the CFM configuration
chosen. [7] The CC mass mc, is determined by the CC specific mass at a temperature (mg,,.), the
heat lift capability Q, Mgy, and the CC redundancy R as shown in Eq. 14. The mass of the
broad area cooling (BAC) mp, is dependent on the areal tube density of the tubes on the tank p,
the tube and shield areal density outside the tank py; , and A, . Which is shown in Eg. 15. The
total power of the active CFM W_p,, is provided by summation of the input power at each
cryocooler temperature Wy as shown in Eq. 16. The total heat required to be rejected by the
radiators from the CC (Qcy) is the summation of Wepy and Qy;freq as shown in Eq. 17. [7]

n

Mee = Z (mspTQTRCC) Eq. 14
T=T1
Maac = (Pe; + Psty)Asrani Eq. 15
n
Werm = Z (WT) Eq. 16
T=T,
Qcrm = Wepm + Qiftea Eqg. 17

This mode returns a CFM mass, power, and heat rejected as 0. [7] The passive CFM mode
calculates a CFM mass for insulation with power and heat rejected as zero watts. The reduced boil-
off mode considers active cooling in a 90 K BAC shield only, and not at the 20 K tank surface and
calculates the mass based on the higher temperature CFM using Eq. 14 through Eq. 17. [7]

[1.LA.5 Engine
The engine component calculates the total mass of the engine m.,, as well as the electrical

power requirements given engine subcomponent masses, start up/shut down times, and burn time
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lengths. The average power required for engine operations W, are based on the engine peak and
idle power (Wpeak and W;,;), time at peak and idle power (tpear and t;q), and the number of burns
Npurn With the relation shown in Eq. 18. The energy of each burn E,,,,, depends on Wpeak; start
up, steady state, shut down, and cooldown times (t,,, tss, tsq, and t.4); start up, steady state, shut
down, and cooldown power factors (fsy, fss: fsa, and f.q4) as shown in Eq. 19. The idle energy E;,4
required is based on t;; and W;, as shown in Eq. 20. The single burn cycle energy Ecycle 1S

summation of Ej,,-, and E;; as shown in Eq. 21 and the total mission energy E,,ission depends on
Ecycier Mpurn, @nd number of engines n.,, as shown in Eq. 22. The total burn time t;,,,,, depends

0N tgy,, tss, tsq, and t.q as shown in Eq. 23. The burn power required W,,,,, to operate all the
engines depends on Eyyyp, tpyrn, and nepg as shown in Eq. 24.

Wpeak tpeaknburn + Wid tid

Wavg = Cooar + b Eq. 18
Epurn = Wyeak (fsutsy + fistss + fsatsa + featea) Eqg. 19
Eiq = Wiatiq Eq. 20
Ecycie = Eia + Epurn Eq.21
Enmission = (EcycieMpurn + Eia)Teng Eq. 22
thurn = tsy + tss T lsq + tea Eq. 23
Wiyrn = %neng Eq. 24
burn

The total engine mass m,,, is the summation of user defined subcomponent masses which

include the reactor m,..qctor-» €Ngine hardware my, grgware, N0ZZl€ My, 4510, NOZZIE eXtENsion M.,
propellant ducting mg,,., external shield mgp;¢;4, and n,,4 as shown in Eq. 25.

meng = (mreactor + Mhpardware + Mnozzie + Meyxt + Mayct + mshield)neng EQ- 25

I1.A.6 Docking and Thrust Structure

The docking and thrust structure modules calculate the mass of the connecting beams that
hold the structures in place with the spacecraft mass, launch vehicle selection, and number of
supported structures as inputs. The lateral loads F;,; depend on the spacecraft mass mg., the
maximum lateral G’s the launch vehicle will exhibit laterally G;,¢, and a factor of safety FS as
well as the gravitational constant g of 9.807 m/s? as shown in Eq. 26. The radius of the bus 7, is
assumed to be three quarters of the maximum payload radius. Since only the maximum and
minimum payload diameters are known, d,q, —and dyq, ., respectively, the bus radius
becomes what is shown in Eq. 27, which is based on d,g,, . The assumptions are true for the
adapter radius rqqqp¢, €Xcept that it uses dp,q,, . as shown in Eq. 28. In both Eqg. 27 and Eq. 28,
the parameter C is a scaling value that has been assumed to be 0.75 for the docking structure and
0.95 for the thrust structure. The length of each beam L., is determined through trigonometry
with the bus height H being the length parameter and the difference between 7,44, and r,,5 being
the width parameter as shown in Eq. 29 through the Pythagorean theorem. The angle that the beam
makes with the base of the payload bay 6 is dependent on the difference between 7,44, and 7,6
as well as Lpeqm as shown in Eq. 30. The lateral force experienced by the beams Fyoqm,,, IS
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dependent on Fy,., 6, and the difference between 7,44y, and 7, With the relation shown in Eq.
31.

Fiae = mscgGiacFS Eq. 26
d
Thus = %C Eq. 27
d .
Tadapt = %C Eqg. 28
2
Lpeam = J(rbus - radapt) + H? Eqg. 29
1 — T
0 = COS—l( bus adapt) Eq 30
Lbeam
Flat
Fream;y, . Eqg. 31

(rbus - radapt) Siﬂ(@)
The axial load from the launch vehicle F,,;,; is determined from mg., the maximum launch
vehicle axial G’s Ggyiq, g, and FS as shown in Eq. 32. The axial load on the beam Fyeqm 107 1S
dependent on Fyq;, Number of beams 7,,¢4.,, and 6 as shown in Eq. 33. Notice that Fj,¢qpm,,, does
not depend on the number of beams as the maximum lateral force would be all the applied force

loaded on to one beam. The maximum compressive load on any one beam Fj,.,., 1S the sum of
Fpeamgyiqr @0 Fyeam,,, 8 sShown in Eq. 34. The minimum area that is required per beam A eqm

is dependent on Fyq,, and the yield strength of the material oy . as shown in Eq. 35. Assuming
that each beam has a circular cross-sectional area, the radius of the beam based on area rpeqm , i

provided by Eqg. 36. The second moment of inertia I of the beam is dependent on F,, .., ultimate
factor of safety UFS, Lyeqam, and the modulus of elasticity of the material E,,,,; as shown in Eqg.
37. The resulting beam radius from I1, 7,¢qm,,, is shown in Eq. 38. The maximum beam radius

Theam, g, 1S S€lected from 1y, , aNd 7peqm,,- The resulting beam volume V., is determined
from 7peam,,,, AN Lpeam as shown in Eq. 39. The total mass of all the beams for the structure
Mgiruce 1S dependent oN Vyeam, Npeam. and the density of the material p,,,,; as shown in Eq. 40.

Foxiat = Msc9Gaxiat F'S Eq. 32
Faxial
F = Eg. 33
beamazial Npeam Sin(e) q
Fpeam = Fbeamlat + Fbeamaxial Eq. 34
F
Apeam = beam Eqg. 35
OY mat
Ap
Theamy = 7eram Eq- 36
1] = Fbeaml‘z%eamUFS Eq. 37
2 Epmar
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211
Tbeam; = (?) Eq. 38
Vpeam= nrbzeammaxl‘beam Eq. 39
Mgtruct = VbeamPmatMbeam Eq. 40

[1.A.7 Main Propellant Tank

The Main Propellant Tank Module considers the length of the different components that
contribute to the overall length of the spacecraft such as the engine, bus, and thrust structures and
outputs tank parameters such as dry tank mass mgnx dry? tank surface area A, ., and the total

wetted tank mass m;4x. The length limit of the spacecraft is the useable payload length of the
payload bay of the selected launch vehicle. The tank diameter d;q,; is the useable payload
diameter d,,, of the launch vehicle with a specified insultation thickness t;,, that could be
informed by other parameters of CFM, subtracted as shown in Eg. 41 which can be converted to a
tank radius 14, It is assumed that the tank shape is cylindrical with ellipsoid shaped domes on
the ends. The dome height hy,,,. is taken to be a function of r,,,;, and the relation is shown in Eq.
42. The volume of the dome V ;,m., Which is half an ellipsoid, is based on 74, and hgome With
the relation shown in Eq. 43. The surface area of the dome A, is also based r;qpn, and hgome

as well as a user defined ellipsoidal parameter p for which the relation is shown in Eq. 44.

Atank = Apay = 2tins = Teank = @ Eqg. 41
haome = grmnk Eq. 42

Vaome= §Tt2ankhdome Eq. 43

Asgome = 2T E (rtilz;lk + Zrtznkhgome)]l/p Eq. 44

The total length of the tank L., is dictated by the payload mass and volume capabilities
of the launch vehicle for the selected orbit. A volume limited payload is one that utilizes the entire
payload bay length L,,, while also accounting for the lengths of other components of the

spacecraft such as the bus structure L, docking structure L;,q«, thrust structure L;p,s¢, and
engine L., 4. Other parameters that dictate how the component lengths are used include the number

of docking ports ng,q, and if the spacecraft has engines (B4, Which is a Boolean operator). All
this is put together and shown in Eq. 45 for the volume limited tank length L; 4, . The tank length
of a mass limited payload L4, Will ALWAYS be lower than or equal to L;guk,, and Lignk,, 1S

iteratively adjusted according to the comparison of the launch vehicle payload mass capabilities
and the resulting total spacecraft mass as discussed in Section I1.B.

Ltankv = Lpay - [(Lbus + Ldock)ndock + (Lthrust + Leng)Beng] Eq- 45

The length of the cylindrical section of the tank L., is based on L4, (generic length, it
does not matter if its volume or mass limited) with 2h;,.,. Subtracted from it as shown in Eq. 46.
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The surface area and volume of the cylindrical section (Ascyl and V) use the standard cylindrical

geometrical equations shown in Eq. 47 and Eq. 48, respectively. The resulting total surface area
and volume of the tank (4, ... and V) consist of two domes and the cylinder as shown in Eqg.

49 and Eq. 50, respectively.

Leyi = Leank — 2haome Eq. 46
As ey = 20 tanicLey Eq. 47
Vey1= TrianicLeyt Eq. 48
Aspank = Aseyr T 245 40me Eq. 49
Viank= Veyt + 2V aome Eq. 50

The total propellant mass inside the tank m,,.,,, is based on V., and propellant density
Pprop S shown in Eq. 51. The usable propellant mass Myrop, ., ACCOUNtS for the ullage &, (units

in percent) and the resulting formulation shown in Eq. 52.

Mprop = Vtankpprop Eqg. 51

é
Mprop,,., = Mprop (1 - FUO> Eq. 52
To find the mass of the tank m;,,, the thickness of the tank t,,,, needs to be evaluated
which is based on the internal pressure of the tank B,,,,, and the static hydraulic pressure Py,q
caused by the launch vehicle acceleration which is characterized by the axial loads Ggyiq;- 1S
determined by Eq. 53 where g is 9.807 m/s? and the maximum pressure of the tank P,,,, that will
be used in determining the tank thickness is shown in Eq. 54. It is assumed that the tank is an
isogrid structure and the thickness of the isogrid skin tg;,, is provided by Eg. 55 which is based
on P, a factor of safety FS, 114, Yield strength of the material oy, the first non-dimensional
iso-grid geometry property a, and the knockdown parameter k which accounts for the added
tension in bending from lateral loads. The equivalent weight thickness t is provided by Eq. 56
which provides the thickness of a non-iso-grid tank with the same size and mass as an iso-grid
tank and is based on t;,,, @, and a second non-dimensional isogrid geometrical property u which
is 0 for an unflanged iso-grid. The dome thickness t;,.,. IS Obtained by scaling t by a thickness
ratio T as shown in Eq. 57. The dry mass of the tank m;,,,x dry is found by scaling the surface

areas of the cylindrical Aseyl and dome A,  components of the tank by their respective

thicknesses t and t,,,. t0 obtain the volume of the material v,,,; and scaling it by the material
density p,nq: @s shown in EQ. 58. m; gy includes my g,k ary and my,.,,, as shown in Eq. 59.

Phyd = Ltankpprongaxial Eq. 53
Pnax = Byrop + Prya Eqg. 54
PmaxrtankFS
tskin =57~ EqQ. 55
skin = 2ovk(1 + @) a
t = tsin[1l + 3(a + p)] Eq. 56



taome = tTg Eq. 57
mtankdry = Pmat (Ascylf + ZAsdomeEdome) Eq- 58
Miank = Miankq,,Mprop Eqg. 59

I1.A.8 Power Management and Distribution (PMAD)

The Power Management and Distribution (PMAD) module depends on the peak power
draw W, and outputs the PMAD mass mpyp, required power W, and waste heat Q,qste-
The box and cable specific masses, mg,, and mg, ., respectively, are determined by scaling a
user defined normalized box mass m,,, and normalized cable mass m 4. by 0.0105 kg/W as
shown in Eq. 60 and Eq. 61, respectively. The box mass per PMAD unit m,,, is determined from
Wpeak and mg,, ~as shown in Eqg. 62. Similarly, the cable mass per PMAD unit mcqpe is
dependent on Wpeak and mgp, . as shown in Eq. 63. The total PMAD mass mpy4p is then the
summation of my,, and m.,p;. and is scaled by the number of PMAD units npy4p as shown in
Eq. 64. The required power Wreq is dependent on the PMAD efficiency npy4p and Wpeak as shown
in Eq. 65. The waste heat Q4. is then the difference between W, and W), as shown in Eq.

66.

Mgy, = 0.01057;, Eq. 60
Mgy e = 0:0105M ¢, Eq. 61
Mpox = WpeakMsppo, Eq. 62
Mcaple = Wpeakmspmble Eq. 63
Mppyap = (Mpox + Meabie)tpman Eq. 64
g = 2 Eq. 65

MpmaD
Quaste = Wreq = Wpeax Eq. 66

I1.A.9 Radiator and Mechanisms

The radiator depends on the CFM heat rejection Q.p,, and the waste heat from the PMAD
Q'PMADwaste, and it outputs the mass of the radiator panels m,,,; and the mass of the radiator
mechanisms myqq ... A user specified parameter is defined that provides information about if
the radiator radiates from only one side or both sides and is used in the calculations as an area
modifier A,, of 0.5 for both sides and 1 for a single side. The area of the radiator A, ., is determined
by the radiative heat transfer equation that is dependent on Qcxp and Q'PMADwaste, a factor of
safety FS, Stefan-Boltzmann constant of o = 5.67 x 1078, radiator emissivity &, radiator
temperature that is user specified T,.,4 (future iterations of this module will include a more detailed
radiator analysis to remove this assumption), the environmental temperature T,,,,, that is typically
assumed to be between 3 K and 4 K, and A, as shown in Eq. 67. The mass of the radiator panels
m,qq 1S determined by a radiator areal density p,,q4 and A,,4 as shown in Eg. 68. To obtain the
mass of the radiator mechanisms m,qq,, .+ Araa 1S scaled by 3.4 as shown in Eq. 69.
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(Qcrm + QPMADwaste)FS

A = A Eq. 67
rad oe (Tr4ad - Te4nv) M |

Myaq = PradAraa Eq. 68

Mradmech = 3.44rqq Eg. 69

I1.A.10 Reaction Control System (RCS)

The Reaction Control System (RCS) module determines the total RCS mass mgg, Wetted
mass Mgcs,,,.,» PIPING mMass MRCS piper MASS of thrusters mgcs,p,ysrersr POWEr Of thrusters
WRcs inrusters: POWEr for the piping Wrespipe: dry mass of the RCS system MRCS gy and the RCS
propellant mass MRCS prop given the required RCS AVg-s and the mass of the spacecraft mg.
MRCS prop is determined based on the Ideal Rocket Equation, mg., RCS specific impulse Iy, .., g,
and the tank ullage 6, as shown in Eq. 70. A mixture mass ratio ¢ is used to determine the mass
of the fuel mg,,; and the mass of the oxidizer m,,, as shown in Eq. 71 and Eq. 72, respectively. At

this point, the calculations split between the fuel and oxidizer, however, they are the same for each
fluid.

m = |mgc ex AVres 1+ 6y) Eqg. 70
RCSprop sc €Xp Iopres U q.
Mpcs
Mpyer =77 f(;op Eq. 71
Mox = MRCSprop — Myuel Eq. 72

The mass of fluid per tank my;y;4,,., is determined by the total mass of the fluid my;,;q
(Mfyer OF My,) and the total number of RCS tanks ngs, . which include both fuel and oxidizer
tanks as shown in Eq. 73. The internal volume of the tank Vv, is determined by m¢,4, ., » density
of the fluid pfiyiq, and &y as shown in Eq. 74. Assuming that the tank is a spherical shape, the

internal radius of the tank r;,, is determined by V,,, as shown in Eq. 75. The maximum pressure
that the tank experiences P, is due the tank stagnation pressure P, and axial loads G;,; Which
depend on 73, and pgp,iq as shown in Eq. 76. The designed burst pressure Py, is based on a

factor of safety FS and Pyq, as shown in Eq. 77. The thickness of the tank walls t;qnkp.g 1S

determined by Py, Tin, Yield strength of the material oy, and FS as shown in Eqg. 78. The
external volume of the tank V., is dependent on 7;,, and t¢gnp,.c as shown in Eq. 79. The dry mass

of each tank m gk @y i is based on both Vv;,, and V., as well as the density of the material of
ut
the tank ppq¢p. @S shown in Eq. 80. The wetted mass of each tank Metankuet pryig is the summation

of Meani g, and M4, ,,, @S shown in Eqg. 81.

Y fluid
2Mf1yia
Melvidgnye — n A Eq. 73
Rcstank
m .
fluid
Yin Lank Eq. 74

 pruia(1 — 6y)
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3V 1/3
ro = ( m) Eq. 75

4n

Prnax = Po + pfluidrinGaxialg Eq. 76
Ppurst = PnaxFS Eq. 77

P 1, FS
ttankRCS — burst’in qu 78

Oy
4 3

Vex= §7T(rin + ttanchg) Eq. 79
mmnkdryfluid = (Vex — Vin)pmatRcs Eq. 80
mtankwetﬂuid = mtankdryﬂuid + Meluidegnk Eq. 81

The total volume V,,, is the summation of the volumes of the fuel V., and oxidizer v,

with the number of tanks allocated for each accounted as shown in Eq. 82. The mass of the helium
pressurization system my, is determined by scaling the summation of the dry tank mass of the fuel
Mitank dry e, and the dry tank mass of the oxidizer sc system mpgs is the summation of the wetted

mass of the tanks mgcs, . MRCS pipe: and thrusters mpcs,, .. «orc @ ShOWN in Eq. 88.

nRCStank
Viot = 2 (Vfuel + Vox) Eq. 82
nRCStank
My, = 0.179279 —— ek (mtankdryfuez + Meankgry, ) Eg. 83
nRCStank
mRCSdry - T (mtankdryfuel + mtankdryox) + My, Eq 84
nRCStank '
= 1179279 ——renk (meant ary et F Mtank iryes)
nRCStank
MRcSyer = T (mtankwetfuel + mtankwetox) + Mye Eq- 85
MRCSpipe = 0.02mpcs,,,0¢ Eqg. 86
MRCSthrusters = TRCS thruster Mthrusters Eq. 87
Mpes = Mresyer T MRCSpipe T MRCSthrusters Eq. 88

The power of the thrusters Wgcs,j, ., ers @1d Piping WRcspipe is determined by scaling the
power of each thruster wecs,, .. oo, @Nd pipe WRCSpipe by niprusters @S Shown in Eqg. 89 and Eq.
90, respectively.

WRCSthrusters = WRCSthruster IVthrusters Eqg. 89
WRCSplpe = WRCSpipenthruSterS Eq' 90

I1.LA.11 Solar Arrays
The solar array module has the required power to the loads during the daytime Wreq day 8

a single input. The outputs of this module are the masses of the array m,.4, and the mechanical
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components my,..,. It is assumed that the power required during the day for the loads is the same
power required during the night as shown in Eq. (1). However, further work could show that
additional power would be required during the night for heating the electrical components unless
the heat rejected from CFM could be redirected to supply the required heat. The required power
for the arrays Warmy is based on the required power levels to the loads, the amount of time the
spacecraft spends during the day T; and during the night T,,, and the efficiencies of the power
going through the batteries to the loads X, and the power going to the loads directly while
bypassing the batteries X, as shown in Eq. (2). The mass of the array mg,q, is determined by the

specific mass Msparray: Warray: and the array mass margin M4, (in percent) as shown in Eq.
(3). The masses of the other components such as the gimbal, release mechanism, and harness are
determined using Eq. (4). Here, m,, is the total mass of component i, m; is the mass of a single
component i, n; is the number of i components, and M; is the mass margin of component X. Using
this, the total mass of the mechanical components is defined in Eq. (5) where k is the total number
of the types of components.

I/.VT'eCIday = I/.VT'eCInight = Vi/req Eq 91
Wy, = — (W, 2yyy e Eq. 92
array — T_d redday X_d + Teqnight )Te q.
_ W 1 Marray E 93
Marray = mSparray array + 100 g.
M
Meor, = MM (1 + ﬁ) Eq. 94

k k
M:
Mmech = z Meot; = z min; (1 + 106) Eq. 95
i=1 i=1

I1.B. Master Equipment List Integration

The master equipment list integration module combines the physics models of Section I1.A
and provides the spacecraft propellant mass, RCS propellant mass, structural mass, and propellant
volume. The constants and specifications that are set for the physics models are read as a first step
to this model which include over 100 parameters. The reader is advised to contact the lead author
for more information on these values. The spacecraft mass, peak power draw, and mass limited
payload length are guessed with arbitrary values to start the calculations due to interdependencies.
The order that the physics models are executed are as follows: Bus Structure, Docking Structure,
Engine, Thrust Structure, Communications/Command & Data-Handling Systems/Guidance,
Navigation, & Control, Main Propellant Tank, Reaction Control System, Cryogenic Fluid
Management, Power Management and Distribution, and Solar Arrays. At this point, all the
modules except for the Battery have been executed. The peak power draw is determined by the
summation of all the power draws resulting from the outputs from all the executed physics modules
and inputted into the Battery module. The mass of all the components is then summed and
compared to that of the previous iteration. This repeats until convergence of the spacecraft mass.
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I1.C. RCS and OMS Burns

The Architecture model will read the Vehicle Card and iterate through all the burns listed
on it. Both RCS and OMS burns use the Ideal Rocket Equation to determine the propellant mass
used to achieve the desired AV as shown in Eq. 94.

AV
Myrop used = (mdry + Mpes + mprop) 1- exp| — I_ Eq- 94
Ssp

11.D. NTP Burns

11.D.1 Decay Heating
The NTP burns use the quasi-steady-state database from a specified engine to perform
transient burns with the incorporation of point kinetics and decay heating using Eq. 95 with the
constant parameters specified in Table 2 taken from BWXT’s analysis. The resulting Qguecqy =
) tthd Qaecay(t)dt value is used in determining the required m ,o;q0wn @nd thus the AV o1a0wn if
14
a cooldown specific impulse ISPC isassumed. For H-NTP, A-NTP, and M-NTP these values

ooldown

are 500 sec, 250 sec, and 200 sec, respectively [3,8,9].

Qaecay(t) = Quug {p f ; exp (p X A t) -3 f 3 exp (%t)

+0.1104 [t—0.2436 —(tp + t)—0.2436]}

Table 2: Neutronics Constants

Eq. 95

Constant Symbol  Given Values
Fission Yield B 0.0065 --
Decay Constant A 0.0764 s7!
Prompt Neutron Lifetime A 6Xx1075 s
Reactivity p —0.01377 $

[1.D.2 NTP Engine Transients
A ramp limit is set by a temporal derivative which used to evaluate the quasi-steady-state

. d . . .
database with reactor power i—f and fuel temperature % being those with the most interest. Based

on the temporal derivative % criteria, the engine transient performance is evaluated. It is important
to note that all parameters in the quasi-steady-state database are functions of Q. In any case, the
transient calculation starts from power level of the previous iteration @,_, and aims to obtain a
desired power level Q.. For powering up, @, is set to the reactor full power and for powering
down, Q. is set to the idle power level which is 7 kWt from SNP specifications where the residual
reactor heat can be dissipated through radiation alone. From the % criteria, the parameter X that is
to be ramped at iteration i, or X;, is evaluated at Q,_, and at @, to yield X; ; and Xy,
respectively. The %At is added to X;_; to yield X;. Should X; evaluate to a value that is beyond
Xes, then X; is set to be equal to X4.,. This provides a constant ramp rate for X from which Ql. is
obtained. Since decay heating is considered, Eq. 3.5 is evaluated and Q¢4 is added to Q, such
that Q; = Q; + @ 4e.q,- Based on the new Q,, all other parameters are evaluated using makima
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interpolation of the quasi-steady-state parameters. At each iteration, the burn time t is
incrementally increased by At and the evaluated parameters at each iteration are recorded in an
array which includes the engine thrust F and mass flow rate .

11.D.3. Vehicle Performance
During each iteration, the propellant mass m,,,, is calculated by subtracting At from

Mprop,_,- The total vehicle mass is calculated by m,;, = Myprop, + Mprcs + My Furthermore, AV;
is calculated from the average total vehicle mass between iterations i — 1 and i by M., =

mt"ti—l;m“’ti and applying the thrust of all the engines nengmesF On the engine block through

Newton’s second law or AV; = AV,_1 + Rengines” This method could be used to either calculate the

Mtot;
total AV capability of a defined vehicle or to converge to a AV by changing the vehicle’s propellant
volume and thereby the corresponding dry masses of the MEL by rerunning the calculations

described in Section I1.
I11. 1t GENERATION NTP ENGINE FLIGHT TEST MATRIX

A similar study on Operational Cis-Lunar Missions was conducted which is now known as
2" Generation NTP missions [10] and the same can be applied for the 1%t Generation NTP
demonstration mission classes and vehicle configurations as shown in Table 3. Here, no payload
mass is considered for any of these mission classes given that this is fundamentally a flight test.
Therefore, the engine itself could be viewed as the payload. This matrix aims to explore various
propellant options, engine architectures, and mission scopes. The goal of each case is to fit
everything on a single commercial launch vehicle, which is why the SLS launch vehicle variants
are not included. Each class/configuration also assumes that 100 m/s of AV is used before the
burn(s) is/are performed which affects the total capability of an option in the matrix. Cryogenic
fluid management is used and sized for hydrogen and methane. Accordingly, the launch vehicle
payload sizes and capabilities, shown in Table 4, will significantly impact the performance of the
configured vehicle. Each vehicle configuration is to be launched into a nuclear safe 1000 km X
1000 km circular orbit [11] which is reflected in the payload capability of each launch vehicle in
Table 4. The AV achieved per burn accounts for the startup, steady state, shutdown, and cooldown
AVs. Using this AV and the total propellant mass expelled during the entire burn and cooldown,
the average specific impulse is calculated via lIdeal Rocket Equation. The Missions Classes that
are considered are those that produce either 1 km/s or 2.5 km/s lumped together as X AV Mission
Classes and those that attempt to use all of the available launch vehicle payload mass or payload
bay volume limitations, which ever limitation is most limiting, lumped togerher as X-Burn Mission
Classes.
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Table 3: 1% Generation NTP Trade Matrix

Mission Class/# Burns

Thrust-Engine Mass  Propellant-Isp Launch Vehicles (equally distributed AV)
10klbf-3000kg H-750 Starship 1 (limit to 1 km/s)
12.5klIbf-3400kg H-825 New Glenn 1 (limit to 2.5 km/s)
15klbf-3400kg H-900 Falcon 9 Recoverable 2 (max LV AV)
25klbf-34QOkg A-375 Falcon Heavy 4 (max LV AV)
(ammonia) Recoverable
25k1bf-5000kg A-450 Vulcan
M-350
M-494
Table 4: Considered Launch Vehicles and Their Capabilities
Falcon Heavy Falcon 9 New .
Parameter Recoverable  Recoverable Vulean Glenn Starship
Payload to 1000km X
1000km Orbit (kg) 18000.0 16800.0 18450.0  31550.0  109240.0
Fairing diameter (m) 5.2 5.2 54 7.0 9.0
Fairing length (m) 18.6 18.6 21.3 19.6 18.0
Payload diameter (m) 4.6 4.6 4.8 6.4 8.0
Payload length (m) 16.5 16.5 18.6 18.5 17.2
Volume (m3) 240.0 240.0 280.0 487.0 650.0

IV. RESULTS AND DISCUSSION

The matrix outlined in Section I11 was evaluated using the MEL methodology discussed in
Section Il along with the accompanying quasi-steady-state engine datasets analyzed through the
X-NTP model. Given the breadth of different vehicle configurations, the results will be presented
for each Mission Class to analyze the performance of each configuration given a single
convergence criterion. The spread of each propellant along the plots results from varying the
thermal performance of the engine that leads to the variation of the specific impulse, varying the
engine thrust and correspondingly the engine mass, and varying the different launch vehicles. The
spread of the specific impulse values per propellant type per thermal engine performance are
caused by the different burn times affected by the transients. These effects were described in detail
via prior work [5]. These variations were separated to provide a more complete view of the
interdependency of each parameter. Afterwards, a dimensionless analysis will be performed to
develop tools to form a flight test based on user defined requirements and utility.
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IV.A. 18t Generation NTP Missions Matrix

The X km/s Mission Classes converge by adjusting the propellant mass to meet a specific
AV requirement while still maintaining the 100 m/s AV imposed on the RCS system. Figure 1
shows the 1 km/s Mission Class with a single burn. This is the least demanding of all considered
missions for all configurations. Here, the propellant mass for each engine thrust class increases
which corresponds to the increase in dry mass. Given that the payload diameter is significantly
higher for the New Glenn and Starship launch vehicles when compared to the Falcon series and
Vulcan vehicles, the propellant mass is accordingly higher which is also reflected in the dry mass.
Therefore, the 5000 kg NTP engines onboard the New Glenn and Starship vehicles yield the largest
dry mass of all considered cases for this mission class. Lower thrust levels also result in higher
burn times which could be beneficial from the point of view of a flight test to provide more data
for the test operators. However, the increased burn time will also be strenuous on the reactor,
particularly, the fuel elements. Each considered propellant has a unique specific impulse with the
bounding case of M-NTP having the largest range in propellant mass distribution due to its
pyrolysis mechanics. For the 1 km/s mission class, A-NTP can provide the lowest dry mass and
the lowest burn times. Therefore, in terms of developmental risk for this Mission Class, A-NTP
will offer the lowest risk given that no cryocooler development will be necessary and the reactor
materials will not be required to withstand high temperatures for as long as other propellants.
However, the objective of testing with hydrogen will be lost and the vehicle mass to be launched
will be double that of H-NTP.

For this Mission Class, given that M-NTP will still require cryocoolers, if the pyrolysis
mechanics allow these engines to produce the optimistic 494 second specific impulse, then they
will perform similarly to A-NTP in terms of propellant mass and some of the burn times, but still
carry the mass penalty of cryocoolers. However, if pyrolysis mechanics, or lack thereof, yield pure
methane coming out of the nozzle, then only allow M-NTP to produce 350 seconds of specific
impulse, then these engines will have the most propellant mass and longest burn times accordingly.
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Propellant Mass vs. Thrust for 1 km/s Burn Time vs. Thrust for 1 km/s
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Figure 1: Parameters for 1 km/s Mission Class (Top Left: Propellant Mass vs. Thrust, Top
Right: Burn Time vs. Thrust, Bottom Left: Dry Mass vs. Launch Vehicle, and Bottom Right:
Propellant Mass vs. Specific Impulse)

The next Mission Class that was analyzed is the 2.5 km/s of AV performed by a single burn
with its parameters shown in Figure 2. Much like the 1 km/s mission class, the trends are the same
except that the values themselves are larger, including the burn time, which makes the data points
appear to be more clustered together. Furthermore, A-NTP also appears to be slightly less
attractive in terms of dry mass when the Starship or New Glenn launch vehicles are utilized. H-
NTP has a much lower propellant mass than both A-NTP and M-NTP given its significantly higher
specific impulse. Both A-NTP and M-NTP also appear to be performing closer together in terms
of propellant mass with A-NTP performing similarly to the higher specific impulse M-NTP
variant. Again, the Starship launch vehicle has the highest dry mass due to the larger payload
diameter followed by New Glenn and then by the rest of the launch vehicles. In both 1 km/s and
2.5 km/s Mission Classes, the higher engine thrust and corresponding higher engine mass is
correlated with both shorter burn times and more propellant mass across the same specific impulse
and propellant selections.
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Propellant Mass vs. Thrust for 2.5 km/s Burn Time vs. Thrust for 2.5 km/s
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Figure 2: Parameters for 2.5 km/s Mission Class (Top Left: Propellant Mass vs. Thrust, Top
Right: Burn Time vs. Thrust, Bottom Left: Dry Mass vs. Launch Vehicle, and Bottom Right:
Propellant Mass vs. Specific Impulse)

The X-Burn Mission Classes switch the convergence criteria from adjusting the propellant
mass to meet a AV requirement to determining the maximum AV that could be performed by
exhausting the launch vehicle capabilities and still maintaining the 100 m/s AV requirement
imposed on the RCS. Furthermore, the AV achieved is split equally between the burns. For both
the 2-Burn and 4-Burn Mission Classes shown in Figure 3 and Figure 4, respectively, the volume
limitation of hydrogen is highlighted and is primarily exaggerated in the case of the Starship launch
vehicle where both A-NTP and M-NTP configured vehicles have propellant masses of around 90
mton while the H-NTP configurated vehicles have a maximum propellant mass of around 36 mton.
The same dry mass trends exist in the X-Burn Mission Classes as they do in the X km/s Mission
Class. According to the engine thrust class, lower thrust levels are able to achieve longer burn
times with the same benefits as mensioned in the X km/s Mission classes in terms of flight testing.
Both A-NTP and M-NTP can provide either the longest or shortest burn time depending on the
launch vehicle selected with H-NTP performing in between the two. Given H-NTP’s high specific
impulse, higher AVs can be achieved with lower propellant mass. However, given that both H-
NTP and M-NTP require cryocoolers and are less dense than ammonia, these two vehicle
configurations require the highest dry mass. To achieve similar AV values as H-NTP, both A-NTP
and M-NTP need roughly three times the propellant mass. If the Starship launch vehicle is
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considered, all propulsion system variants can provide similar AV values between 6 km/s and 10
km/s as the systems are either volume or mass limited. For the smaller launch vehicles, H-NTP
provides a higher AV. These trends are the same for both 2-Burn and 4-Burn Mission Classes with
the 4-Burn Mission Class having a slightly lower overall AV across all vehicle configurations due
to more propellant mass used during cooldown with a lower specific impulse value given twice as
many burns.
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Figure 3: Parameters for a 2-Burn Mission Class (Top Left: Propellant Mass vs. Thrust, Top
Right: Burn Time vs. Thrust, Bottom Left: Dry Mass vs. Launch Vehicle, and Bottom Right: AV
vs. Propellant Mass)
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Propellant Mass vs. Thrust for 4 Burns Burn Time vs. Thrust for 4 Burns
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Figure 4: Parameters for a 4-Burn Mission Class (Top Left: Propellant Mass vs. Thrust, Top
Right: Burn Time vs. Thrust, Bottom Left: Dry Mass vs. Launch Vehicle, and Bottom Right: AV
vs. Propellant Mass)

A conclusion from this analysis that could be made is regarding the heavier launch vehicles
such as Starship and New Glenn. These vehicles are advantageous in terms of mission capability
such as AV, but not necessarily in terms of dry mass. Longer burn times could be preferable from
a testing standpoint given that there would be more time to gather data and perhaps even expand
beyond the initial mission objective. From this point of view, the Starship launched M-NTP or A-
NTP 10 klbf configured vehicles would provide the most utility followed closely by H-NTP.

IV.B. Dimensionless Analysis

Dimensionless parameters are a useful tool to characterize complex datasets by either using
fractional equivalents such as the case of the mass ratio MR in the Ideal Rocket Equation or a
dimensionless parameter that reduces the complexity of a system into smaller, meaningful, non-
dimensional groups using the Buckingham IT theorem. The following analysis presents results that
are independent of the number of burns, propellant type, and launch vehicle. The analysis will
guide the design engineer in choosing the propellant type based on the specific impulse and the
launch vehicle based on the desired AV. As was shown previously, the parameter that describes
the number of burns does not play a significant role in the vehicle configuration.
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IV.B.1 Formation of Dimensionless Parameters
For the dataset presented in the current analysis, the specific impulse and the burn duration

are combined into a ratio —2—, This ratio can be conceptually described as the mass efficiency of

burn

the vehicle, with larger values representing high propellant usage effectiveness and lower values
representing low propellant usage effectiveness. This differs from using only the the specific
impulse, as the amount of propellant onboard the vehicle is directly translated into the burn time
given the specific impulse. Using the burn time directly with the specific impulse eliminates
consideration of the propellant mass, which is useful in terms of this flight test where longer burn

times may be more preferable, resulting in a preferably lower 2 value. On the other hand, the

burn

mass ratio takes into account the inert mass divided by the total initial mass which results in higher
values being more efficient from a propellant mass perspective. When MR is plotted as a function

of —2 for all Mission Class and vehicle configurations as shown in Figure 5, all of the values fall

burn

) . I
on a trend. This trend has a “knee in the curve” at a —2

value of 1 which corresponds to a MR of

burn

0.6. Furthermore, Eq. 96 provides the fit relationship as described by function f; with +10%
bounds encompassing the majority of the cases which could be used as a tool to engineer a
particular mission and determine where it would fall on the plot. Finally, there are areas where a
particular propellant is denser and other areas where all propellants are comparable which provides
the mission designer insight as to which propulsion system would meet the imposed requirements.

Mass Ratio as a Function of
IspIBum Time for All Missions
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Figure 5: Mass Ratio as a Function of the Specific Impulse to Burn Time Ratio

I I I
MR = fl( =l ) = 0.6865exp (0.0482 ol )— 0.5482exp (—1.4137 =l ) Eq. 96

burn burn burn
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Using the Buckingham IT theorem, a dimensionless engine performance parameter was
determined that incorporates the engine thrust, engine dry mass, specific impulse, and the AV it is

. F I . . . . . .
to produce via %. This is essentially a ratio between engine impulse to the change in
Eng

momentum of the engine. Since this is a flight test, the engine can be seen as the payload, therefore,
the bottom term could be iterpretted as the change in momentum of the payload. Therefore, lower
values of this engine parameter would be preferable as this would mean that lower impulse yields
higher payload final momentum.

The engine thrust, engine mass, specific impulse, and AV are all parameters that can be
specified by the design engineer. Selecting a specific impulse will invariantly select the propellant
and engine thermal performance while selecting the AV will size the system. The engine thrust
and mass are a coupled pair of parameters which also impact the burn time. If the dimensionless
engine performance parameter is plotted against ratio of specific impulse to burn time as shown in

Figure 6, the result is described by function f, shown in Eq. 97 which has £10% bounds to

emncompass all the cases. Similar to the plot in Figure 5, higher tli values are preferable in

burn

terms of effective propellant usage.
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Figure 6: Specific Impulse to Burn Time Ratio as a Function of the Dimensionless Engine
Performance Parameter
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FEnglsp _f ( Sp )
mEngAV g tburn

Eq. 97
Iop q

Igp
+ 757.4747exp | 0.0186

burn

= —756.6396exp (0.0153

burn

A combination of the relations shown in Figure 5 and Figure 6 could also be made and
display the vehicle mass ratio as a function of the dimensionless engine performance parameter as
shown in Figure 7. This relationship described by function f; shown in Eq. 98 with a £10% bound
also follows a trend with a “knee in the curve” at an engine performance value of 4 which also
corresponds to a mass ratio of 0.6 which is similar to that of Figure 5. If cross referenced with

Figure 6, this corresponds to a tli value of 1 which states that the “knee in the curve” is the same

burn

across these three parameters. This area could be a balance between high mission performance and
test utility for which both H-NTP and M-NTP fit closer than A-NTP. At this location, both Figure
5 and Figure 7 show that A-NTP has a lower vehicle mass ratio than the trend bounds. This
signifies that in the context of a flight test, lower dry mass yields more propellant mass which
yields more burn time and therefore testing time. Which, by that logic, shows that A-NTP may
have an advantage over the other propellants for the purposes of a flight test, provided that using
hydrogen on the flight test is not a requirement.

Mass Ratio as a Function of
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Figure 7: Mass Ratio as a Function of the Dimensionless Engine Performance Parameter
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Eq. 98

= 0.7198exp <0.0132 M) — 0.7860exp <—0.4438 M)
Megpgl MegngAV

Since dimensionless parameters do not have any dimensions associated with them, they

can be lumped together as seen in some convective heat transfer coefficient correlations [12-14].

One such useful combination that was found during this research is the dimensionless engine

performance parameter modified by the mass ratio and expressed as a function of specific impulse

to burn ratio as shown in Figure 8. This shows a functional relationship among all three

dimensionless parameters which is described by Eq. 99. This relationship appears to have a very

similar shape to that shown in Figure 6, however, the modification of the dimensionless engine

performance parameter by the mass ratio makes the curve take a more concave shape with similar

values on the y-axis. This is because the mass ratio increases rapidly at specific impulse to burn
time ratios between 0 and 2, and then steadily rises as was shown in Figure 5.

[Thrust*Isp]![MassEng*.ﬁV]"MR as a Function of
Isprum Time for All Missions
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Figure 8: Dimensionless Engine Performance Parameter Modified by the Mass Ratio as a
Function of Specific Impulse to Burn Time Ratio
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When the three dimensionless parameters are plotted on separate axes, a 3D curve emerges
as shown in Figure 9. This is a parametric curve with the parameter being the specific impulse to
burn ratio meaning that both the mass ratio and the dimensionless engine performance parameter
are functions of it. These functions were already described by Eq. 96 and Eq. 97, respectively, and
when combined, offer a more complete view of the relations which appear to resemble a rising
spiral with curvature that increases exponentially.
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Figure 9: Dimensionless Engine Performance Parameter as a Function of Mass Ratio and
Specific Impulse to Burn Time Ratio

IV.B.2 Solutions Based on Dimensionless Parameters

A way to use these equations and relations would be to select the parameters for which
requirements are known with three parameters to remain as unknowns. Although for an analytical
solution three equations would be necessary to solve for each unknown, in a numerical solution
space of transcendental equations, the analytical rules and guidelines tend to breakdown for an ill-
conditioned system and a seemingly over-constrained system of four equations is required to
reliably solve for each of the three unknown variables. By reliably, it is meant that the obtained
solution can be plugged back into this set of equations and retrieve the exact input parameters
regardless if there are small changes in the initial conditions. If only three equations are used, the
numerical solution will often yield solutions corresponding to a local minimum depending on the
algorithm, solver, and initial guesses used given the ill-conditioned nature of the system. By over-
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constraining the solution space, a repeatable solution is guaranteed to be found by making the
problem essentially well-conditioned. [15,16] The equations used correspond to those found in Eqg.
96 through Eq. 99. The parameters which can be chosen are summarized in Table 5.

Table 5: Summary of Parameters

Parameter Definition Units
Feng Engine thrust class N
Isp Specific impulse S
Meng Engine mass kg
AV Change in velocity m
thurn Burn time S
MR Inert mass to initial wetted mass ratio -

IV.B.2.i Determining the Specific Impulse from a Desired Burn Time and Engine Thrust/Mass
Class

Example 1 of using these parameters would be to design a mission with a question of
“Which propellant should be used?” given an engine with a thrust of 10 kIbf (44,482.2 N) and a
mass of 3,000 kg capable of providing a total burn time or test time of 1,000 seconds. Here, the
unknowns are the propellant and therefore the specific impulse, AV, and mass ratio. When Eq. 96
through Eq. 99 are solved for the specific impulse, AV, and mass ratio, the solutions yield values
of 439 seconds, 3,353 m/s, and 0.4065, respectively. The most important value from this is the
specific impulse which will require the use of either a high temperature A-NTP engine that
promotes ammonia thermolysis with a nominal specific impulse of at least 450 seconds or an M-
NTP engine with a nominal specific impulse of 494 seconds that promotes pyrolysis. In either
case, a dissociated alternative propellant would be the preferable option in this case. The

corresponding tli and dimensionless engine performance parameter are 0.4391 and 1.9420,

burn

respectively. When taken with the mass ratio of 0.4065, the solution is on the bottom left of the
plots in Figure 5 through Figure 8 and towards the bottom of the curve in Figure 9 to provide
perspective to its location in the design space.

When the entire solution space of these values is analyzed as shown in Figure 10, there
appears to be a region between a burn time of 200 to 2000 seconds where the dimensionless
parameters remain the same and the specific impulse varies linearly. This states that there is no
effect from changing the engine thrust and mass class from a mission perspective at low burn
times. However, the AV will be affected according to both the burn time and engine thrust and
mass class. For desired burn times between 2000 and 4000 seconds, H-NTP is the dominant
propellant and reduces its breadth of engine thrust and mass class applicability as the burn time
increases. As the burn time is increased, lower engine thrust to engine mass ratios optimize to
higher specific impulse values, however, they yield a lower AV given the required cryocooler and
associated tank masses to store the higher performing propellant. Beyond burn times of 4000
seconds, the AV is maximized and propellants with lower specific impulse are favored with the
lowest specific impulse attributed to engines with the highest thrust to mass ratio. This analysis
states that there are three regions according to the desired burn time that will select the best
propellant which include: (1) up to 2000 seconds with linearly increasing specific impulse
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according to burn time, (2) between 2000 and 4000 seconds where H-NTP is mostly preferable,
especially at lower engine thrust to mass values, and (3) above 4000 seconds where increasing
burn time requires propellants with lower specific impulse with higher engine thrust to mass ratios
preferring the lowest specific impulse propellants.

There are regions where the required propellant specific impulse is in between H-NTP and
A/M-NTP engines suggesting that a fourth propellant option would be required that has not been
evaluated in this study. In such cases, there are three options: (1) the reader should select a
propellant that would have an expected performance between H-NTP and A/M-NTP engines, (2)
the thrust and mass class of the engine would need to be changed to yield either H-NTP or A/M-
NTP equivalent specific impulse values, or (3) the desired burn time would need to be changed.
Other options could be to operate the A/M-NTP engines at higher chamber temperatures to reach
the required specific impulse values. Decreasing the operating temperature of H-NTP engines will
not yield the desired burn time and result in a solution space where the engine parameters including
the specific impulse are known. This solution space is the subject of the next section.
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Figure 10: Performance Parameters Given Burn Time and an Engine Thrust/Mass Pair
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IV.B.2.ii Determining the Minimum Burn Time from a Known Engine Design

Example 2 of using these parameters would be to ask, “How much test time is possible to
obtain from a H-NTP 15 klbf engine that has an effective specific impulse of 775 seconds?” This
involves selecting a system with a known propellant and engine definition. The engine definition
in this case is known and defined by an effective mission specific impulse of 775 seconds produced
by an engine with a thrust of 15 klbf (66,723.3 N) and a mass of 3,400 kg. The unknowns are the
burn time, AV, and mass ratio which can be determined by solving equations Eq. 96 through Eq.
99 simultaneously and numerically thus yielding values of 1765 seconds or 29.42 minutes, 7,865

m/s, and 0.4065, respectively. The corresponding L2 and dimensionless engine performance

burn

parameter are 0.4391 and 1.9420, respectively, which are the same as those in the previous point
example.

Unlike the previous example, when the entire design space for the specific impulse and
engine thrust and mass class is evaluated as shown in Figure 11, the trends are seemingly radically
different. However, when compared against Figure 10, this is a subset of the entire solution space
which is the zoomed in view of the region where the burn time is up to 2000 seconds. Therefore,
when this system of equations is asked to evaluate a particular engine design, they will return the
MINIMUM burn time that can be produced yielding a conservative result. Here, the dimensionless
parameters are constant and the produced AV results in higher values with engine thrust to mass
ratio values. Furthermore, it is possible to get burn times larger than 2000 seconds when the system
is optimized toward the specific desired burn time value. However, this optimization criterion is
the same as that of Example 1.
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Figure 11: Performance Parameters Given Average Specific Impulse and an Engine
Thrust/Mass Pair

V. CONCLUSION

Following the first Nuclear Thermal Propulsion (NTP) system test, also known as DRACO,
the next NTP system to be developed would be the 1% Generation NTP system. Given the inherent
propellant flexibility of the monopropellant NTP system, analysis was conducted to determine the
performance of different vehicle configurations utilizing hydrogen (H-NTP), ammonia (A-NTP),
and methane (M-NTP) as propellants launched onboard commercial launch vehicles. Transient
engine performance was considered for all three propellants that was informed by the X-NTP
model. Physics models were developed that sized the vehicle system using Master Equipment List
(MEL) parameters that allow complete flexibility in choosing the mission architecture, engine,
propellant, and essential spacecraft systems. A matrix of different mission classes and vehicle
configurations was outlined that attempted to cover the design space of a 1% Generation NTP
system that would be launched as a single stage vehicle. Each combination of the matrix elements
was run and provided insight into different trends and showed that three equations could be used
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to provide a high-level mission design capability to determine different vehicle and mission
configuration parameters based on the designer’s preferences on what should be tested. This study
does not attempt to make a recommendation rather provide the tools for the reader to select their
own configuration based on their needs.

The matrix did not consider payload mass for any of the mission classes given that this is
fundamentally a flight test. Therefore, the engine itself could be viewed as the payload. This matrix
aimed to explore various propellant options, engine architectures, and mission scopes. The goal of
each combination of matrix parameters was to fit everything on a single commercial launch
vehicle, which is why the SLS launch vehicle variants were not included. The results of the matrix
showed that beyond the propellant selection type, the launch vehicle selection, which included
Starship, New Glenn, Vulcan, Falcon 9 (recoverable), and Falcon Heavy (recoverable), was a
primary driving factor in the test vehicle’s capabilities.

Four mission classes were evaluated which included single burn missions performing
maneuvers having a AV of 1 km/s and 2.5 km/s followed by 2-burn and 4-burn missions that aimed
to exhaust the launch vehicles volume or mass limitations, which ever was encountered first. Both
single burn missions showed that A-NTP configurations provided the lowest dry mass given that
ammonia had the highest density with comparable performance to M-NTP systems and no
requirement for cryocoolers. Configurations that used the Starship and New Glenn launch vehicles
required the highest overall dry mass across all missions given their large payload bay diameters.
The multi-burn missions did not significantly differ from each other except that the 4-burn had a
marginally lower total AV capability given that the engine spent more propellant during engine
transients and cooldown than the 2-burn mission. In all cases, the NTP systems with the lowest
thrust class and corresponding lowest engine mass had the longest burn time which could be very
useful as a testing platform to increase the time for data accumulation. Both A-NTP and M-NTP
systems can provide the longest and shortest burn times depending on the launch vehicle used
while H-NTP systems tended to cluster together in the middle. Across the multi-burn cases, H-
NTP systems were found to be largely volume limited while A-NTP and M-NTP systems were
largely found to be mass limited.

An analysis was performed based on all the data points obtained from running the cases of
the matrix that developed relations among dimensionless parameters. These parameters included
the mass ratio of inert mass to initial wetted mass, ratio of specific impulse to burn time, and a
dimensionless engine parameter which effectively was the ratio of impulse to engine momentum.
These relationships found the “knees-in-the-curves” that could be a significant point of reference
for the designer as they indicate a change in the trend which is located at a specific impulse to burn
time ratio of 1, a mass ratio of 0.6, and an engine performance parameter of 4.
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