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Nomenclature

Variable
a

Ay

Y

¥

Cp

(ij

Qv
Qrn
Qrnl3]
S

S

Sphase

R

Meaning

acceleration vector

acceleration component in x direction

flight path angle as defined by velocity vector

Time rate of change of flight path angle

aircraft three-dimensional drag coefficient

Coefficient of net aeropropulsive force in streamwise direction
Drag force on aircraft (streamwise by definition)

Altitude

Freestream Mach number

Power setting for propulsion system

Dynamic pressure

Variability characteristic of parameter V' in input domain model
Variability characteristic of net horizontal force in input domain model
Third block within characteristic @), in input domain model
Reference wing planform area

Horizontal distance measured from mission point of reference
Horizontal distance measured from beginning of current mission phase
Range for entire mission

Sea level, static thrust of all engines on aircraft

velocity vector

magnitude of velocity relative to static atmosphere

Time rate of change of velocity magnitude

Weight of fuel on aircaft

Weight of burned fuel for design mission (not reserve mission)
Weight of fuel burned over the mission

Ramp weight: weight before engine start on ramp

Takeoff weight: weight immediately prior to takeoff

Aircraft configuration design variables

Aircraft configuration design variables’ lower bounds

Aircraft configuration design variables’ upper bounds
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Chapter 1

Introduction

Many novel aircraft concepts exploit complex phenomena or coupled physics, such as aero-propulsion inter-
actions that can only be captured in MDA with higher fidelity analyses. The results of these physics analyses
are used in mission and sizing analyses to yield top-level system metrics such as fuel burn and take-off field
length. Yet, preliminary investigations suggest that traditional mission analysis codes can mask the key
physics, such that there are serious errors in the top-level metrics. One recent example is that of coupled
aero-propulsion for cases such as boundary layer ingestion, over-wing nacelles, or flow control devices. In
such cases, the traditional decomposition of forces may not directly capture complex effects, i.e., where the
engine affects the airframe aerodynamics, the airframe flowfield influences the engine cycle, and vice versa.

This report presents the development of a higher-fidelity mission sizing and synthesis code that uses
generalized dynamics description of air vehicle motion, the use of which reduces the errors produced by
the traditional decomposition of forces. The developed capability was used to analyze integrated models
of aircraft relevant to the Sustainable Flight National Partnership (SFNP), such as the Sustainable Flight
Demonstrator (SFD) transonic truss-braced wing (TTBW) aircraft [1].

The present work aims to augment the existing NASA mission analysis tools, including methods from the
General Aviation Sizing and synthesis Program (GASP) [2] and the Flight OPtimization System (FLOPS) [3],
now re-implemented in the Aviary framework [4]. It builds on a heritage of aircraft system-level design and
analysis tools, particularly those integrated into the Environmental Design Space (EDS)[5] and its FLOPS
mission analysis module. Specifically, it attempts to strip away thrust and drag book-keeping assumptions
— traditionally useful for early conceptual design for their simplicity — to make mission analysis and design
more flexible and vehicle-agnostic. The intent is not to replace current NASA efforts, such as AVIARY
and GASPy, but rather to augment mission and sizing when needed and adequately capture higher fidelity
physics for SEFNP vehicles. For example, classic drag and thrust-based sizing methods may be used for
early design, while the proposed higher fidelity mission and sizing analysis can be used as high-fidelity MDA
information becomes available.

The primary contribution is a novel dynamics formulation that abstracts away potentially aircraft-specific
configuration details such as the propulsor type. Additionally, the GT-ASDL team developed a framework for
optimizing and simulating design and off-design missions consisting of typical mission phases with predefined
assumptions or constraints. This framework’s capabilities were demonstrated and compared to the legacy
FLOPS tool using two civil transport aircraft types. Results from these analyses demonstrate that in some
cases, fuel burn estimates from the newly developed framework differ from those obtained by the traditional,
FLOPS mission-analysis tool.

The content of this report is presented as follows. Chapter 2 presents the technical approach that is
the backbone of the developed mission sizing and synthesis code. This includes a description of the general
equations of motion used, the implementation of mission sizing and synthesis framework, and the integration
of the various disciplinary models. Chapter 3 presents the case studies that demonstrate the capabilities of
the developed framework. Specifically, two case studies are considered: a conventional tube and wing vehicle
and an unconventional strut-braced wing aircraft with an open rotor propulsion system. The results from
these case studies are presented in Chapter 4, where the newly developed framework is compared against a
traditional mission analysis tool.

NASA/CR-20250007059 4



Chapter 2

Technical Approach

2.1 General Equations of Motion

2.1.1 Traditional Equations of Motion: Forces of Flight

The traditional approach to aircraft mission analysis is formulated as an extension of the rigid fixed-wing
aircraft performance problem. First, a tailored formulation of the equations of motion is posed for an aircraft
in accelerating, climbing, and turning flight, in terms of forces T, D, W on the aircraft of mass m, a velocity
magnitude V relative to the static atmosphere, a flight path angle v (angle of velocity vector relative to the
flat earth), and thrust angle of attack e, as given in Egs. (2.1) - (2.3) [6].

dv
Tcose—D—WSiny:mE (2.1)
2
Lcos¢+ Tsinecos¢p — W cosy = m— (2.2)
1
(V cosn)?

Lsing 4+ T'sinesing =m (2.3)

T2
Within conceptual design studies, it is common to assume that the vehicle conducts a series of steady-
state mission phases, wherein the vehicle is that no turning flight is performed (¢ = 0), yielding the simplified
set of equations given in Egs. (2.4) and (2.5).

dv
Tcose—D—Wsin*y:mE (2.4)
2
L—l—Tsine—Wcos*y:mr— (2.5)
1

These equations present two challenges which are considered within the present research. First, while
these equations are proven to provide accurate estimates of aircraft point performance, their formulation is
not amenable to integration within more general trajectory optimization methods. Most importantly, the
time derivatives of the states of motion are not explicitly defined for all states within the present formulation.
Secondly, the present formulation utilizes a forces-of-flight formulation, presuming that the external forces
exerted on the vehicle can be decomposed completely into propulsive forces (i.e., T') and aerodynamic forces
(i.e., L and D). While reasonably true for many aircraft configurations, this assumption is poorly suited
for concepts exhibiting a high degree of aeropropulsive coupling. Furthermore, these equations exclude the
consideration of other external forces that may be applied to the vehicle. To remedy these concerns, a
reformulation of the aircraft equations of motion is needed that emphasizes a more generalized form that
is amenable to a more diverse expression of aircraft external forces and compatible with modern trajectory
optimization approaches.

NASA/CR-20250007059 5



2.1.2 General Dynamics Equations

Consider the representation given in Figure 2.1, which pictures a three degree-of-freedom system representing
the aircraft with its mass concentrated at a point. This system is posed within the aircraft wind axis frame,
translating within the 2 — z plane and rotating about the y-axis. External, non-gravitational (aeropropulsive)
forces applied to the system are resolved along the x-axis and z-axis as Fy iy eqt and F} o eqt, respectively,
and external moments about the y-axis as My-.

Figure 2.1: Point-mass representation free-body diagram.

The general equations of motion are formulated using Newton’s second law, assuming constant mass for
each time step. Vectors in the wind axis frame can be expressed with respect to the inertial reference frame
using the vector derivative transport theorem. The acceleration within this frame is expressed as Eq. (2.6).

i=V+aV (2.6)

In Eq. (2.6), the vectors are posed as translational velocity expressed in the wind axes V= [V, O,O]T
and angular velocity & = [p, q, T‘]T. Here and throughout this analysis, the aircraft is assumed to be moving
through a static atmosphere, so the relative velocity of the aircraft to the freestream is equal to the velocity

of the aircraft relative to the ground. The accelerations in the x and z directions are given as scalar Egs.
(2.7) and (2.8), time derivatives of scalar velocity magnitude V' and angular rate gq.

dVv
_ 2.
e = (2.7)

a,=-Vq (2.8)

Taking the sum of forces along axes parallel to the freestream (streamwise) and perpendicular to the
freestream (stream-normal) results in the equations of motion provided as Egs. (2.9) and (2.10), noting the
relationship between ¢ and v as ¢ = ?TZ' This set of translational governing equations — also presented
in [7, pp. 23] — relate net aeropropulsive streamwise force Fy . 5+ and stream-normal force F), 4, ¢zt to time

derivatives of V' and .

dVv
Fx,w,ext — Wsiny = ma (29)
dy
F, ezt + Weosy = —mvg (2.10)

Isolating the time derivatives on one side of each equation, yields the form of these equations as actually
coded into the RigidBody2DEQOM class in its compute method:

g (Fz,{}u}ezt _ Sln(’y)) :V (211)
g Fz,w,ext .
% ( W —&-cos(w)) =7 (2.12)
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These equations are complemented with the resolution of the moment about the y-axis, taken within the
body axis frame, as Eq. (2.13) to form the full three degree-of-freedom equations of motion.
dg
My = Iy — 2.13
v =1 (213)
Within conceptual design studies, the rotational motion about the y-axis is commonly neglected, assuming
that sufficient control authority is available to trim the vehicle in all flight conditions. In such instances,
only Egs. (2.9) and (2.10) are needed to estimate translational motion throughout the mission.
Comparison of Egs. (2.9) and (2.10) with Eqgs. (2.4) and (2.5) reflect a large degree of similarity. Indeed,
in instances where external forces acting on the aircraft arise from separable aerodynamic and propulsive
effects, then the relationships:

Fyw.aero = —D (2.14)
F. waero = —L (2.15)
Fyw,prop = T cos € (2.16)
Fwprop = —T'sine (2.17)

provide a mapping of the traditional forces of flight into the more general expression of the equations of
motion.

The general equations (2.9) and (2.10), however, allow for more general expressions of external forces,
particularly those which may be strongly coupled and difficult to accurately separate between various dis-
ciplinary sources. Furthermore, taking the states of motion as V' and -y, these equations provide explicit
time derivatives for the vehicle motion. These, then, are second-order ODEs in terms of position states for
altitude h and horizontal distance s, in terms of general aeropropulsive forces resolved in a wind axes system.

2.1.3 Kinematic Equations

The first time derivative of position is given by the inertial velocity vector in an earth-fixed reference frame
\7, which can be expressed in terms of its magnitude V and direction, which is by definition the flight path
angle . Thus, as Hull [7] also poses, the scalar equations relating the velocity variables V' and v to the first
time derivatives of position states h and s are as given in Egs. (2.18) and (2.19):

ds

- = 2.1
I V cos~y (2.18)
% = Vsiny (2.19)

Integrating the Eqs. (2.7) and (2.8) yields information on the velocity states, which in turn may be
integrated in Eqs. (2.18) and (2.19) to yield the position state information. Thus, Egs. (2.7), (2.8), (2.18)
and (2.19) together provide the governing equations of the dynamics and kinematics of the aircraft model
used in the general, physics-based mission analysis methodology presented here.

2.1.4 Weight Equation

The final equation needed to define the system dynamics is one relating the mass of the vehicle to its stored
energy state, as represented by the fuel weight of the vehicle. Simply equating the vehicle’s weight time
derivative to the fuel burn rate suffices here.
. aw
Wp = — 2.20
r= (2.20)
Hull [7] goes one step further to explicitly include the thrust dependence by means of a thrust-specific fuel
consumption variable. However, in the methodology applied here, the fuel flow rate was directly extracted
from the propulsion system model, so thrust-specific fuel consumption was not used. Note that this would
not apply to electric-propulsion aircraft. In the case of a non-fuel-burning vehicle, both the weight timeseries
state and the fuel burn rate could be omitted from the system of governing ODEs.

NASA/CR-20250007059 7



2.1.5 Disciplinary Relations

Some variables in the ODEs above depend on other variables, at least implicitly. The aeropropulsive forces
Frw,ext and F 4 eqt, for example, most likely depend on V' and atmosphere conditions, which also depend
on h. They also depend on the aircraft angle of attack o and the engine power setting P, which so far have
not been directly included in the governing equations. Therefore, some of these variables may be expressed
as functions:

Frwext = Frweat(h,V,a, P) (2.21)
F.owext = Frwext(h, V,a, P) (2.22)
Wp = Wg(h,V,a) (2.23)

Wi = We(h,V, ) (2.24)

(2.25)

Given the full set of ODEs presented above, the state variables of position, velocity, and weight are s,
h, V, v, and W. There are then five state variables and five governing ODEs. The two remaining variables
a and P are control variables, which must be somehow constrained or specified to solve the system |7, pp.
24-25].

In summary, the aircraft’s position, velocity, and weight timeseries may be obtained by integrating the
equations of motion (and weight) over time across the mission, given timeseries for the control variables and
appropriate boundary conditions. This formulation also allows a trajectory optimizer to choose controls to
minimize an objective such as mission fuel burn, the motivator for this effort.

2.1.6 Equations of Motion Testing Methodology

The system of equations discussed previously is central to the solution of the trajectory optimization problem.
If the accelerations (or state time derivatives) are not correctly related to the state variables, the vehicle
dynamics may be incorrect, resulting in very suboptimal or even infeasible trajectories. Therefore, it is
worthwhile to invest some thought and effort into testing the implementation of the equations of motion
component.

Generally, software testing involves the following components [8]:

1. software entity under test
2. selected inputs to exercise the capability under test
3. results to compare the output with: an “oracle”

In this effort, the software under test is the equations of motion mission analysis component. The inputs
to test with are, generally speaking, a trajectory timeseries (vectors of state variables). Outputs of interest
from the equations of motion are primarily the accelerations given by the left-hand side of equations (2.7)
and (2.8). The method of obtaining “oracle” outputs requires some consideration here.

The naive approach would be to execute, perhaps “by hand” or in a computational environment outside
the component under test, the same mathematical relations given in the acceleration equations. Industry
best practice holds [9] that this is not a suitable source for test oracles. Rather, a significantly different
mechanism or process is preferred to obtain oracles that are unlikely to be tainted by any faults present in
the software under test.

Considering this goal, the researcher chose to use straight differentiation on an arbitrarily chosen kine-
matic trajectory mathematical model to obtain closed-form expressions for the accelerations for that specific
trajectory. The following workflow describes this process in general:

1. Identify a kinematic trajectory description of motion
e This may be a general class of analytical functions, such as a line, a parabola, etc.

2. Determine expressions for the position states as functions of time.

NASA/CR-20250007059 8



3. Differentiate these expressions to obtain the velocity components as functions of time
4. Differentiate again to obtain acceleration equations (V and % in this context)
e This provides oracles for the test case

5. Multiply the accelerations obtained previously by vehicle mass to obtain net applied forces required to
cause those accelerations

e These forces include all applied forces, including gravitational weight
6. Use vector arithmetic to determine the force contributions from non-gravitational forces
e These non-gravitational forces are assumed to be the aeropropulsive forces

Some steps may be skipped or implicitly carried out on certain trajectories. For example, in an unaccelerated
trajectory, it is obvious that V =4 = 0.

2.1.7 Review of Criteria-Based Testing Theory

This section exists merely to explore theory-based criteria which could have been applied. In actuality, the
issue of how to choose trajectories for Step (1) above was resolved without a formal method. This issue may
be thought of as one of selecting test inputs, since the trajectory determines the values of all velocity and
force inputs to the equations of motion under test. The test designer chose arbitrary trajectories conveniently
expressed in closed form and readily differentiated.

Ammann and Offutt [8] labels this approach to choosing test inputs the “human-based” approach, as
opposed to a formal, systematic, “criteria-based” approach that defines rigorous criteria from which the
tester derives requirements for test cases to write based on some model of the software being tested. Precise
criteria and requirements enable precise “coverage” measurements indicating what percentage of the test
requirements are covered by the test suite. Ammann and Offutt [8] acknowledges that this human-based
approach is generally more manual and requires more domain knowledge of the software application. In this
case, the test designer is familiar with the mathematical model and the application domain, from experience
maintaining and using the software, which helps address the domain knowledge requirement. The drawback
is that there is no transparent, traceable process showing where each test case originated from or why it is
required. Rather, intuition from the perspective

At one point in the project, the test designer began sketching out a systematic approach to developing test
requirements for this equations of motion component. Several criteria-based software modeling approaches
came under consideration, based on prior knowledge from a software testing course based on [8].

e Input space partitioning
e Graph modeling

e Logic modeling

e Textual modeling

Input space partitioning [8] drew particular attention, because of the relative simplicity of the code under
test (few logic branches), and therefore a simple execution control flow graph. Textual modeling may have
been an alternate candidate choice. Lack of experience in mutation testing — the only criteria-based testing
strategy with which the test designer was familiar — in the software language used here rendered textual
model-based test design unattractive. Input space partitioning frankly bears the most resemblance to the
intuitive human-based testing approach already implemented at this point in the project

NASA/CR-20250007059 9



2.1.8 Theoretical Example of Input Space Partitioning

The authors of [8] lay out the process of input-space partitioning. For this EoM component, which implements
the relations of Eqgs™ (2.7) and (2.8), the this process is enumerated as:

1. Declare the EoM component’s compute method as the software unit under test
2. Define characteristics of relevant function input parameters V, v, Fy v cxt, £ w,ext, and W

e Characteristics Qv, Q~, QFz, QF-, and Qw: degree of variation of values

e Characteristics Qpp and Qp, of the sum of F o cxt, F w,ext, and W: variation of net load
3. Partition entire input space into “blocks” using characteristics from Step (2) above
e Define “blocks” — (1), (2), and (3) listed below — for each of the seven characteristics above
4. Select a criterion for combining blocks to derive test requirements
5. Define actual values to fill blocks in test requirements
o Determine trajectories yielding appropriate V', v, Fy i exts Fzw,ext, and W for test requirements

Note that one could also hypothetically choose compute_partials as the code under test in Step (1). Also
note that for the test cases implemented here, gravitational acceleration g is held constant. This disqualifies
it from the set of variables to be characterized and partitioned with blocks.

The first group of parameter characteristics (Qv, Q, Qrz, @rs, and Qw) described in Step 2 comes
from considering that the vectorized arithmetic operations in EoM component functionally may exhibit
distinct behavior in the cases where inputs are zero versus nonzero (multiplication and division especially).
The vectorized nature of the computation motivates cases where some inputs are constant throughout the
timeseries and others in which inputs vary across time. All of these cases can be summed up into the three
mutually exclusive (pairwise disjoint) blocks for each variable timeseries vector’s characteristic of variation
relative to zero:

1. all elements of timeseries vector equal zero
2. all elements equal a fixed nonzero value
3. varying across the timeseries

Note that such blocks form a valid partition [8] of the input domain for each of the timeseries inputs V, ,
Fyowexts Faweaxt, and W, since all possible vectors of real values for each of these falls into exactly one of
these three blocks.

Another parameter characteristic ideated for this work is the dimensionality of the acceleration. Such
characteristics include the degree of acceleration in one or more dimensions, which is equivalent to the degree
of net force including weight in two independent directions. The dimensions are the earth-fixed horizontal and
vertical directions, hence characteristics @ gy and Qr,. These characteristics do not map onto parameters
in a one-to-one manner. However, every selection for input values maps to only one of these blocks. In other
words, which blocks are covered is a function of the test inputs, but not vice-versa.

As an example, consider a hypothetical test case that specifies a constant, nonzero velocity; zero flight
path angle; linearly decreasing weight; linearly decreasing stream-normal force; and quadratically decreasing
streamwise force — how one may model an aircraft in cruise. In this case, the net vertical force including
weight is constantly zero, and the net horizontal is varying. Therefore, this case would cover blocks Qv [2],
Qy[l], QFx[3]7 QFZ[3]7 QW[3]7 QFh[2]7 and QFv[l]

For each of the characteristics Qv, @, Qrz, QF:, Qw, Qrn, and Qr,, the three blocks partition that
dimension of the input space. Since these blocks are pairwise disjoint, a given test case’s inputs must fall
into exactly one block for each characteristic. In contrast to certain varieties of graph-model-based testing
approaches, there must be as many test input cases as test requirements to achieve complete (100%) coverage
based on this input space partition.

NASA/CR-20250007059 10



Given this input space partition, the test designer must next choose a coverage criterion to measure a
test suite’s progress toward satisfying test requirements. One fairly simple criterion for the ISP method is
the All Combinations Criterion (ACoC). As its name suggests, this requires testing all possible combinations
of blocks from the various input characteristics. For the EoM component input space partition described
previously, the ACoC requires tests indicated in Table 2.1 Note that testing all possible combinations of blocks

Table 2.1: Test Requirements (TRs) for All Combinations Criterion for ISP (2187 total)

Test Requirements (TRs)

Characteristic

Qv 1 11 1 1 1 1 1 1 1 1 1 1 3 3 3 3 3 3 3 3 3
Q- 1 111 1 1 1 1 1 1 1 1 1 3 3 3 3 3 3 3 3 3
Qra 1 11 1 1 1 1 1 1 1 1 1 1 3 3 3 3 3 3 3 3 3
QF- 1 11 1 1 1 1 1 1 1 1 1 1 3 3 3 3 3 3 3 3 3
Qw 1 1 1 1 1 1 1 1 1 2 2 2 2 3 3 3 3 3 3 3 3 3
Qrh 1 1 1 2 2 2 3 3 3 1 1 1 2 1 11 2 2 2 3 3 3
Qro 1 2 3 1 2 3 1 2 3 1 2 3 1 1 2 3 1 2 3 1 2 3

with only three blocks per input parameter, in a fairly straightforward component with only 5 parameters
considered here requires 37 = 2187 tests because of the combinatorial nature of this criterion. Also note, not
all these blocks represent physically achievable trajectories. Consider those columns shown in gray. These
are physically inconsistent. For example, the second column shows zero velocity, weight, and applied forces,
yet requires a nonzero, constant net applied force. Though inputs could be supplied that satisfy any arbitrary
set of conditions on the inputs independently, the requirement for net force is coupled to the force inputs.

A different criterion leading to a more manageable number of test requirements is the Base Choice
Coverage (BCC) criterion [8]. This criterion is best explained by example. Suppose the block (3) is taken
as the base case, since it represents the largest share of input values encountered in actual modeling and
simulation. The other characteristics are then varied one at a time, holding all but that one at the base case.
The result of this process carried out for this ISP appears in Table 2.2.

Table 2.2: Test Requirements (TRs) for Base Case Criterion for ISP (15 total)

Test Requirements

Characteristic

Qv 3 1 2 3 3 3 3 3 3 3 3 3 3 3 3
Qy 3 33 1 2 3 3 3 3 3 3 3 3 3 3
Qrs 3 33 3 3 1 2 3 3 3 3 3 3 3 3
QrF- 3 33 3 3 3 3 1 2 3 3 3 3 3 3
Qw 3 33 3 3 3 3 3 3 1 2 3 3 3 3
QFn 3 33 33 3 3 3 3 3 3 1 2 3 3
QFo 3 33 33 3 3 3 3 3 3 3 3 1 2

As can be seen from the table, there are only fifteen possible BCC test requirements using this base
case, a dramatically smaller number than for the All Combinations Criterion. Again, there are some cases
that represent physically invalid trajectories, shown in gray. The one input case shown in bold-face type
in Table 2.2 is the “realistic” test case mentioned below. None of the other test requirements shown have
corresponding tests implemented.

2.1.9 Equations of Motion Test Cases as Implemented

Distinct from abstractly designing test requirements is the task of implementing automated test cases to
exercise the EoM code with concrete inputs. Even though from the standpoint of the EoM component
itself the inputs are independent, they should describe a physically valid trajectory. Non-physical trajectory
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inputs could satisfy test requirements from an ISP criterion described in Section 2.1.8, but computing “oracle”
acceleration values V and 4 without using the EoM relations themselves would be an issue, since the process
outlined above in Section 2.1.6 assumes the trajectory is kinematically and dynamically consistent.

The testing suite implemented for this work includes the following six EoM test trajectory cases:

1. Static, V =v = Fy w.ext =0, F, et = —W, zero-acceleration state: _NullAcceleration

2. Constant-velocity, horizontal cruise, ¥ = 0, F 4,ext = —W: _UnacceleratedAcceleration (a)
3. Constant velocity, steady descent (constant, negative v): _UnacceleratedAcceleration (b)
4. Parabolic, ballistic motion with constant horizontal velocity: _ParabolicAcceleration

5. Purely horizontal damping force defined by Fj, = —CV cos(7): _1dDraghcceleration

6. Sample of data from a solved trajectory: _RealisticAcceleration

These trajectories seemed reasonably straightforward to model, but were intuitively interesting cases to test.
In each case, the test suite compares outputs from compute to corresponding outputs from the prescribed
test-case trajectory and checks the results from compute_partials against finite-difference approximations
at each point in all trajectories except (1). Each consists of a set of vectors, each vector a series of input or
output values. Mapping each test case listed above into the input space partitioning results in Table 2.3.

Table 2.3: Input Space Partitioning of Implemented Test Cases

Blocks in Test Cases by Number
Characteristic Case #1 Case #2 Case #3 Case #4 Case #5 Case #6

Qv 1 2 2 3 3 3
Q- 1 1 2 3 3 3
QFe 1 1 2 1 3 3
QF- 2 2 2 1 3 3
Qw 2 2 2 2 2 3
QFn 1 1 1 1 3 3
Qro 1 1 1 2 2 3

The one column in bold is the one also appearing in the ISP BCC test requirements (Table 2.2). The
others, of course, appear in the ACoC requirements (Table 2.1), in the large part of the table omitted for
brevity.

Coverage of EoM Tests

The ISP method (Section 2.1.8) was not the driver for selecting these cases, but the test suite as implemented
can still be evaluated against a coverage criterion. If the ACoC is the chosen criterion, then the coverage
metric for this six-case test suite is 6/2178 &~ 0.3%, seemingly quite low. This number would be greater
if non-physical trajectories were excluded from the total number of test requirements. Generally speaking,
very rarely, unless for extremely simple functions, can 100% of possible combinations of blocks be tested,
this example suggests. Using the BCC criterion described above with a base case of (3), the test suite scores
1/15 ~ 7%. One might choose another base case, such as (1) — all-zero — and see a larger coverage value
for the same test suite. Indeed, one may note from the structure of the tests in Table 2.3 that the de-facto
base case may be (1).

In applications where sufficiently thorough testing is important and the cost of test design is not negligible,
as in this case, such a criterion provides a definite stopping point to avoid unnecessary or redundant testing
effort [8]. Still, there is clearly room for improvement to provide a thorough test campaign for this EoM
component. Furthermore ISP method suggests which test cases would be worth implementing to improve
the test suite’s quality.
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2.2 Sizing and Synthesis

The Olympus tool largely follows a similar paradigm for sizing as the FLOPS tool. It has been demonstrated
in use cases that includes pure off-design mission analysis and sizing. Traditional sizing and synthesis (S&S)
implies finding a vehicle takeoff gross weight Wro, wing planform area S, and total sea-level static thrust
available Tsy, to carry enough fuel to complete a given mission subject to point performance requirements,
such as climb rate or landing field length [10]. Such performance constraints may be analyzed to determine
values for thrust-to-weight ratio Tsy,/Wro and wing loading Wro /S parameters [10, 7], leaving Wro to be
determined. FLOPS and the present approach both deviate slightly from this approach by defining wing
loading in terms of the ramp weight Wy rather than takeoff gross weight. Therefore, in this work the wing
loading is defined as Wy /S, and similarly, thrust loading as Tsr,/Wy. Also note the definition here of Tsy,.
Thrust loading is defined in terms of this total thrust (not thrust per engine), at nominal, rated operating
conditions. Wells, Horvath, and McCullers [11] refer to “rated” thrust per engine, however, which is used in
weight estimation relationships.

The weight is found through the process of mission analysis, estimating the fuel required for an aircraft
of given (or guessed) takeoff weight to fly a given range and land with perhaps a specified amount of fuel in
reserve. A design mission profile is often defined in terms of mission phases such as climb, cruise, descent,
and hold, as illustrated by the generic example in Figure 2.2. Key flight condition requirements are defined
throughout the mission. In Figure 2.2 the mission is subdivided into a portion termed the design mission,
which the aircraft would be intended to actually fly, and a reserve mission portion so named because its
primary purpose is to provide a margin of safety for a contingency scenario where the aircraft would not be
allowed to land at its original destination and would need fuel in reserve to fly to an alternate airport. For
purposes of the discussion in this paper, the combination of the design and reserve missions is termed the
§12ing mission.

Cruise-Climb —=&
— M0.75 2 I 35,000 ft
:30 000 ft &
o ! Id
1 1 Ho
. 2
E = M0 : 20 mlnc 2,
= . ruise
199 x @ o%,:%:f !
| & s 10,000 ft ! S &
$|_ ;'_ Y I Se Ioi_;
Design Range Reserve Range

Figure 2.2: Example of a generic mission profile with a design portion and a reserve portion

Mission analysis involves guessing certain characteristics of the vehicle design and preliminary estimates
of performance-related characteristics used to evaluate its ability to complete a given design mission, ensuring
Wro allows sufficient fuel to be carried. Typically an iterative process, a mission analysis updates its guess
for Wro until it converges to a value consistent between the weights disciplinary analysis and the value
used for mission analysis, as summarized in [7, pp. 13-14]. Estimating the fuel burn for the mission phases
requires a model of the aircraft’s performance, so the thrust and therefore fuel flow required to fly the mission
can be computed. The equations of motion describing the physics of the aircraft in flight can provide such
a model. To compute fuel burn from these equations, one must integrate them over the mission. The exact
algorithm and mathematical implementation can differ between tools and depend on the level of detail of
the analysis. The following sections discuss this study’s approach to accomplishing that.

2.2.1 Legacy Tool Sizing Formulation

The FLight Optimization System (FLOPS) software has a range of available modes for optimizing an aircraft
design in tandem with determining an optimal mission trajectory [3]. In FLOPS, Wy is an implicit output
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from an iterative mission analysis mode where W) is varied to achieve the target range or endurance [11].
This iterative process is distinct from the aircraft configuration optimization. FLOPS optimizes the vehicle
configuration design variables, such as Wy or S, using constraints on the wing loading and thrust-to-weight
ratios. This study did not include sizing and synthesis in this sense when using FLOPS. Researchers used
FLOPS in this study to optimize a composite mission analysis objective with respect to mission trajectory
variables and aircraft gross weight, subject to mission constraints such as cruise Mach number. However,
FLOPS was not permitted to vary the wing area or thrust, which were held at values previously determined
to be optimal for the respective aircraft configuration.

2.3 Trajectory Optimization

As Hull 7, pp. 10,24-26] discusses, the equations of motion constitute a mathematical system of equations
with a certain number of state and control variables. The equations of motion must be integrated to
obtain the mission state timeseries. This integration may be done explicitly, such as in a shooting method,
or implicitly, such as using a collocation method. The Dymos optimal control library [12]| is able to do
both, but collocation was chosen for this problem. The number of time-dependent state variables (e.g.,
speed, altitude, etc.) minus the number of governing equations gives the number of control variables [7].
So, a system defined by seven timeseries states with five governing equations has two independent control
variables, or degrees of freedom which can be constrained by defining kinematic trajectory relations (fixed
altitude, climb rate, or velocity for example) or performing an optimization with respect to those controls,
to minimize the trajectory’s total fuel burn for instance. The latter option is suitable for this study, since
the goal is to analyze next-generation, fuel-efficient aircraft.

2.3.1 Legacy Tool Trajectory Optimization

As discussed in [13], the FLOPS mission analysis method uses a sub-optimization routine to find an optimal
mission trajectory for climb and descent phases. It discretizes the mission trajectory design space for a
vehicle in terms of energy height and weight, computing the corresponding objective function value at each
of these points, with respect to the altitude, propulsion system control variables, and storing this grid of
sub-optimized points as a lookup table to be queried as it steps through the trajectory. To find the best
cruise conditions, it assumes steady flight with equilibrium of thrust, lift, drag, and weight, then steps
through discrete vehicle weights as fuel is burned to update the optimal cruise condition. Depending on the
constraints, the best altitude or velocity may be chosen.

FLOPS uses the DFP or BFGS optimization algorithm [3]. Minimum fuel burn is selected as the opti-
mization objective for all climb mission phases and specific range is the objective for cruise for this study.
Maximum lift-to-drag ratio is chosen as the descent objective. FLOPS provides other options for each mission
phase as shown in Table 2.4, based on [3].

Table 2.4: FLOPS Mission Optimization Objective Options [3]

Phase Objective Options
Climb min fuel, min time, min time over distance, min fuel over distance
Cruise max endurance, max specific range, max Mach

Descent max lift-to-drag ratio L/D

2.3.2 Kinetic Trajectory Optimization

In the approach proposed here, two of the seven total mathematical degrees of freedom are available as control
variables for the equations of motion [7]. Prescribing timeseries for these controls and imposing boundary
conditions is sufficient (theoretically) to numerically solve the system of ODEs and obtain timeseries for the
state variables throughout the mission. The method here formulates an optimization problem to choose these
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controls to minimize an objective such as total mission fuel burn. It uses path constraints ¢, and boundary
constraints cp. in some cases to enforce limits on the solution variables. There may be aircraft configuration
design variables x, with respective bounds z,,;, and ;4. The implicit collocation integration scheme
implemented in the Dymos optimal control library [12] enables simultaneously optimizing the trajectory for
fuel burn and solving the model to obtain physically consistent state timeseries, using special constraints
called defects cq to enforce the governing equations of the physics. This architecture formulates a large
nonlinear programming problem, provides gradient information, and presents it to be solved by an optimizer
such as the IPOPT tool used in this effort [14].
One may formally state the optimization problem as follows:

Minimize: W,

w.r.te T, U,y

S.t.: ¢g =0,
¢y <0,
Rpe = 0,
Zoin — T <0, ©— Zpae <0
Upnin — U < 0, U — Upmae <0
Ymin — Y < 0, ¥ — Ymaz <0

However, unlike may be surmised from this formal statement, most design variables x;, u;, and y; have
inherent lower and upper bounds directly enforced by preventing the optimizer from choosing values outside
those ranges.

2.4 Disciplinary Analyses

To perform a mission analysis, vehicle data on weights, aerodynamics, and propulsion performance are re-
quired. Distinct analysis components, embedded within the ODE, provide these data at discrete time steps
as the optimizer integrates the ODE over the mission. There are several options for several disciplines, espe-
cially weights and aerodynamics. Also, lines between disciplines may be blurred by components that provide
data traditionally provided by separate components, namely aerodynamics and propulsion. In coupled aero-
propulsive analysis, distinct thrust and drag outputs are replaced by mixed aeropropulsive forces from an
integrated analysis component. Generally speaking, all disciplinary analyses within the ODE take vehicle
design parameters, time-varying state variables, and certain control variables as inputs, returning other time-
dependent variables (forces for example) required for the equations of motion. An illustration of this for a
conventional vehicle model using propulsion table lookup (Section 2.4.5), FLOPS-based “external” aerody-
namics modeling (Section 2.4.4), and a separable aeropropulsive force interface component (Section 2.4.6 is
given in Figure 2.3.

2.4.1 Weights

To size a vehicle, the designer chooses a gross takeoff weight or ramp weight that satisfies the mission range
requirement as determined via mission analysis. The adequately sized vehicle has sufficient fuel capacity
(represented as a fuel weight allowance) while also carrying the required payload (passengers, their baggage,
or any cargo) and other miscellaneous items for standard operation (e.g., safety equipment). To evaluate
the weight allowance for fuel in order to complete the mission analysis phase of design, the analyst must
estimate the empty aircraft weight [6]. This may take the form of a rudimentary empirical correlation for
overall empty weight, based on historical trends [6]. Or, for a more detailed (still preliminary design), it may
be based on a component-wise weight build-up, such as the area-based one provided by Raymer [15] as cited
in [8]. Note that such an empty weight estimation method requires a guess of the overall gross weight. In the
present work, this gross weight guess is supplied by the optimizer for the aircraft/trajectory optimization
problem (2.2).

The FLOPS tool includes detailed weight estimation relations derived from empirical data on a repre-
sentative sampling of mid-to-late 20th century aircraft [3, 11]. These equations provide relations for bare
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Figure 2.3: N-Squared Diagram of Disciplinary Analyses for Conventional Vehicle

structural, propulsion, crew, baggage, and equipment weight categories. Researchers in this present effort re-
lied on (re-implementations) of these equations. For the most part, these re-implementations were validated
against the FLOPS implementations by straightforward comparison of output results for common inputs.
Exceptions to the general agreement of these results included wing structural weight in the detailed wing
weight estimation method, horizontal and vertical tail weights, and the landing gear weight. The outcome of
the structural weight discrepancies between these implementations is that the re-implemented weight module
estimates the vehicle’s zero fuel weight at 160 1b higher than FLOPS in the case of a notional 150-passenger
transport model used for validation testing.

2.4.2 Geometry

For purposes of weights estimation, some key vehicle geometry parameters are required. Some of these pa-
rameters, such as fuselage planform area or wingspan, have relations based on empirical [11] or fundamental
design relationships. Others are used for aerodynamic drag estimation. In particular, the empirical aerody-
namic drag estimation method originally implemented in the kinetic mission analysis framework relied on
wetted areas computed by formulae based on the FLOPS routines.

2.4.3 Earth Atmosphere

In order to evaluate the time-dependent aerodynamic and propulsive variables, intermediate variables such
as vehicle Mach number M, and dynamic pressure ¢, the ODE included a standard atmosphere model based
on publicly available data on the NASA 1976 standard atmosphere [16], as made available for retrieval via
a third-party web application [17] in standard Imperial units. The implementation used an OpenMDAO
MetaModelStructuredComp trained on data retrieved from the web application’s table feature in altitude
increments of 1000 ft ASL from —1000 ft until 100,000 ft, then in 5,000 ft increments up to 200,000 ft.
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2.4.4 Aerodynamics

For estimating the aerodynamic forces on the vehicle in flight, mission analysis requires an aerodynamics
model integrated into the ODE being integrated over time. Initially, in the early stages of this framework’s
development, designers selected the Empirical Drag Estimation Technique [18] as adapted and augmented in
FLOPS [3]. However, this method proved cumbersome and never demonstrated acceptable performance in a
mission analysis optimization. Therefore, the framework developers implemented alternative drag estimation
routines, such as the table interpolation-based method discussed in more detail in Section 2.4.4.

Empirical Drag Estimation Technique

The Empirical Drag Estimation Technique, or EDET as it was known, is based on a theoretical work from
1978 [18], which led to a software implementation by the same name. However, the researchers could find no
publicly extant copy of the standalone software, or its detailed documentation. Since the recent releases of
FLOPS have prohibitions on public disclosure of technical information not otherwise published, this report
does not go into detail on the EDET routine.

In any case, the researchers chose not to use this method for the analyses presented here. The relatively
recent release of the Aviary aircraft design and analysis tool [4] includes its own re-implementations of EDET.
The interested reader may refer to its source code and documentation for details.

Externally-defined (FLOPS-based) Aerodynamics Table

The aerodynamics module class named FlopsExternalAero reads aerodynamic data from an external text
file and builds an OpenMDAO SemiStructuredMetaModel component to model the drag coefficient as a
function of flight condition. This model takes inputs such as Mach number, altitude, and lift coefficient
to compute a drag coefficient for the aircraft. The aerodynamic data used to train the surrogate model
must be organized in a semi-structured format, meaning that Mach, altitude, and lift coefficient domains
are discretized to form a grid, the only irregularity being the non-uniform spacing in the Mach dimension.
A third-order Lagrange polynomial is used to interpolate between data points.

2.4.5 Propulsion

The detailed mission analysis presented here involves propulsion system performance evaluation, so it requires
a model of an aircraft propulsion system. The propulsion model for this analysis follows the approach of
FLOPS [3] and Aviary [4]: interpolating on an externally-supplied propulsion data table, called an “engine
deck,” of steady-state engine performance obtained from a thermodynamic engine cycle analysis using a
tool such as NASA’s NPSS [19]. The interpolant primarily used for this was linear, though a Lagrange
interpolation polynomial [20, (3.3.1)] is another option. As can be seen from Figure 2.3, the propulsion
block takes as inputs the flight condition (Mach number M., altitude h), and the engine power setting
parameter (power code or pc) herein represented as P. The outputs from the basic engine deck model
(engine_deck_metamodel in the diagram) are unscaled thrust, fuel flow, ram drag, and nitrous oxide (NOx)
emissions, as in Aviary [4, 21]. The Mach number and altitude determine operational flight regimes, while the
throttle setting dimension gives a control degree of freedom. Given these inputs, the propulsion interpolating
model returns the engine performance parameters at that point in the mission.

The mission analysis methodology thus abstracts away the thermodynamics via table of performance
data called an “engine deck” — as Aviary [4] and FLOPS in its original conception [3] at least did as well.
Such a data-driven approach is suitable at the level of conceptual or early preliminary design. However,
this type of detailed performance data must be generated by computational simulation or thermodynamic
analysis, since engine manufacturers typically do not freely disclose detailed engine operating schedules such
as this. Also, if the engine design is to be scaled up or down to size the engine for some air mass flow to meet
a thrust requirement such as for takeoff [22], this properly requires cycle analysis to get accurate results.
The present method includes a scaling capability, mimicking FLOPS’ engine scaling [23], which scales the
engine deck outputs such as thrust and ram drag by a ratio of the scaled rated thrust to the baseline or
reference thrust [24]. Still, at least a single cycle analysis is needed to generate a performance data table for
mission analysis.
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One innovation from ASDL is a process to synthesize an engine thermodynamic cycle design according
to a set of design points [25] rather than a single point design. Prior to this project, such a process was
used to design and analyze an engine cycle for appropriate performance requirements. The NPSS [19] and
CMPGEN [26] tools provided environments for engine cycle analysis and fan/compressor maps, respectively.
The engine weight was estimated using the WATE-++ tool [27], the latter of which ASDL has previously
used as an improvised two-dimensional flowpath geometrical definition tool [28]. To calibrate the engine
model to manufacturer data, engine performance is estimated by cycle analyses at prescribed design points,
tuning certain cycle parameters until the model matches published performance data[5].

This project simply took the results from that propulsion cycle analysis and calibration process and
modeled them across the operating domain of the vehicle using OpenMDAQO SemiStructuredMetaModel
components. The domain of the Mach-altitude space sampled for this project resembled something like that
shown in Figure 2.4. Note that for each (Mach, altitude) point on the visualization, there are several throttle
settings (as if a third dimension out of the page).
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Figure 2.4: SBW engine deck ConvexHull visualization

2.4.6 Aero-Propulsive Modeling

The kinetic framework presented here has at its core the force-agnostic general equations of motion (2.9)
and (2.10) presented in Section 2.1. These equations take as inputs the streamwise Fy ., eqr and stream-
normal F ., .o+ aeropropulsive forces. To compute these forces at arbitrary flight conditions, the mission
analysis requires aerodynamics and propulsion models. It also requires an interface to map the aerodynamic
and propulsive forces to discipline-agnostic forces Fi i cpt and F o cpe. Different vehicle models can use
different interfaces to handle different disciplinary forces. The following sections discuss such interfaces.

Separable and Uncoupled Forces Interface

Aerodynamics is provided by the external FLOPS-based data table interpolation method (2.4.4) or by an
aerodynamic drag coefficient surrogate model based on computational fluid dynamics simulation data. In
the traditional, uncoupled aerodynamics case, the output from the aerodynamics code is the drag coefficient
for the aircraft Cp, computed as a function of variables such as the lift coefficient C,. Given this coefficient
and the reference planform area S, the code can quickly compute the drag force at any flight condition and
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corresponding dynamic pressure g using the relation D = ¢CpS [6]. In the case of the simple forces of
flight bookkeeping scheme, this drag force can be directly related to the streamwise aero-propulsive force as
in Eq. (2.14). Since drag by definition is parallel to the velocity vector of the aircraft, it does not have a
stream-normal component.

Lift, computed as L = ¢CS, is defined in the stream-normal direction and therefore parallel to the wind
axes’ z direction, hence the straightforward relation in (2.15) which has a negative sign to account for the
fact that the lift is traditionally defined in the upward direction (if the airplane is oriented right-side-up) —
in the direction corresponding to the negative z-direction in the wind axes.

The “forces of flight” case includes a thrust component in the streamwise direction (2.16). This becomes
a simple relation

F,wprop =T (2.26)

If the angle between the thrust and the freestream is assumed to be zero (¢ = 0), as it is for the analysis
presented later in Section 4.1. Though in general the vehicle can have propulsive force contributions in the
stream-normal direction due to a nonzero angle between the thrust centerline and the airstream (Eq. (2.17)),
assuming € = 0 eliminates this component, yielding

FZ7’LU7PTOP =0

which implies the total aero-propulsive force from these contributions can be seen to be the simple algebraic
sum of the respective force components from these disciplines, as shown in Egs. (2.27) and (2.28).

Fz,w,ezt = Fx,w,p'rop + Fx,w,aero (227)
Fz,w,emt = Fz,w,prop + Fz,w,aero (228)

In terms of the specific aero and propulsive forces in this formulation, the aero-propulsive force compo-
nents are

Fw,w,ewt =T-D (229)
Fz,w,emt =0-L=-L (230)

assuming the thrust angle of attack e = 0. This force interface formulation is the translation layer between the
conventional, tube-and-wing vehicle’s (Section 3.2) aerodynamics and propulsive models and the equations
of motion.

Coupled Aeropropulsive Force Interface

In the more general case of a vehicle that experiences aerodynamic and propulsion-related forces in both the
streamwise and stream-normal directions, the thrust angle of attack ¢ may be nonzero, perhaps even time-
varying in the case of a vectored-thrust configuration. This would imply F} w prop 7# 0. In such a case, this
contribution of the thrust to net stream-normal aeropropulsive force Fj ,, ¢;+ may be separable. However, if
the aerodynamic forces on a lifting surface of the aircraft are influenced by flow turning as a consequence
of, for example, installing engines above instead of below the wing of an aircraft [29], then it is less clear
exactly how much the propulsion system or the wing separately contribute toward the stream-normal forces,
and the distinction between F, 4 qero and F} 4 prop, becomes less meaningful. In such a case, it may not
be possible to straightforwardly apply Egs. (2.27) and (2.28) or compute the force components (Egs. (2.15)
and (2.17)) separately, since the only accurate modeling of such complex aeropropulsive interaction may be
a CFD simulation of the integrated airframe-propulsion system.

In such a case, the only accurate model of the aero-propulsive loads on the vehicle may be obtained at
the same level of abstraction as Eqgs. (2.9) and (2.10). This was the case in the over-wing nacelle study [29].
A similar approach was useful for modeling the aeropropulsive forces of the strut-braced-wing novel aircraft
configuration (See Figure 3.2), anticipating interactions between the propwash from the propulsion system
and the lifting surface(s). In these cases, the aero-propulsive loads may be expressed directly in terms of
similar variables as traditionally used for drag or lift, but this time accounting for the forces resulting from
the propulsion system and not purely “aerodynamic” interactions with the airframe. Forces may be obtained
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by CFD analysis, non-dimensionalized by freestream dynamic pressure and reference area, and that data used
to train machine learning models giving these non-dimensional force coefficients as functions of convenient
flight condition variables such as Mach number, Reynolds number, and angle of attack, plus an engine power
setting variable, as shown in Egs. (2.31) and (2.32).

Fw,w,ewt = qSCFw(aaMomRea P) (231)
Fz,u),ezt = qSCFz(auMoovRevp) (232)
This force formulation only requires a thin interface between the non-dimensionalized and dimensional aero-

propulsive forces. The data flow through the pertinent components of such a model is illustrated the N-
squared diagram in Figure 2.5.
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Chapter 3

Case Studies

3.1 Overview of Cases

The purpose of this effort was to develop a sizing and synthesis approach with a mission analysis capability
more applicable to novel vehicle models and aeropropulsive coupling than legacy analysis tools. To that end,
the following presents two case studies, each aiming to demonstrate slightly different aspects of the method.
First, a conventional tube-and-wing aircraft model analysis benchmarks the proposed kinetic analysis against
the legacy tool. Second, a novel vehicle of interest to the Sustainable Flight National Partnership [30] is
analyzed as a case study in how the mission analysis tool compares to its legacy counterpart for a concept
which may involve more coupled aerodynamics and propulsion.

The reader should note that the aerodynamics and propulsion data used for this analysis were obtained
from disciplinary models (the FLOPS adaptation of the Empirical Drag Estimation Technique capability in
the case of aerodynamics for the conventional vehicle) depend on the vehicle configuration parameters and
therefore do not provide the most accurate performance models as the vehicle size changes as it would in a
full sizing exercise.

3.2 Conventional Vehicle

In order to compare the sizing capability of the kinetic method against the legacy benchmark, this section
presents a sizing experiment on an existing production vehicle modeled in each of the tools. This vehicle
represents a configuration which the legacy code is trusted and calibrated to model accurately. It explores
the capability of the kinetic approach on a conventional vehicle that has nominal aeropropulsive coupling.
For the experiment, the tools chosen to compare against the kinetic formulation were FLOPS [3] and the
recently released Aviary tool [4].

The candidate vehicle chosen for this experiment is Airbus SAS’ A320neo mid-size (150-passenger) com-
mercial air transport. In addition to the access to vehicle data, this aircraft was a logical choice as it
represents a large portion of typical mid-haul commercial aircraft operations in the United States. The
following section discusses how the model for this aircraft is developed.

3.2.1 Calibration against Data Sources

To accurately capture the conventional vehicle’s mission performance and sizing behavior, this aircraft model
is based as much as practicable on actual aircraft specifications, including overall parameters such as wing
span, rated thrust, cruise Mach number, maximum takeoff weight (MTOW), range-versus-payload, plus
details such as empennage geometrical characteristics, wing sweep angle, wing planform area, landing gear
height, number of passengers typically carried, and fuel tank capacity. In-house processes exist in ASDL
to calibrate legacy airframe and engine models in the Environmental Design Space (EDS) [5], matching
results from propulsion cycle design to key performance requirements [25] in conjunction with matching
aircraft performance constraints and mission range. Much of the data used to develop the models used for
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benchmarking is based on the data collected by the lab from Airbus’s Airport Planning Manual (APM) [31],
CAD drawings, the ICAO Aircraft Emissions databank [32], and calculations based on the data obtained. The
specifications of the A320neo vehicle chosen for this research are included in the appendices in Table 1. The
geometric data obtained from measurements taken from CAD drawings and from the APM are recorded in
the appendix in Tables 2— 9. A prior research team used these data and modeled the vehicle in FLOPS/EDS.
They calibrated this airframe model in terms of payload, range, and gross weight using aircraft specifications
such as payload-range diagrams and the typical passenger cabin arrangement.

Referring to this FLOPS/EDS model as “Stage 0”, the team initially constructed a “Stage 1” model in the
kinetic analysis framework based almost entirely on data in the FLOPS analysis input/output files. These
FLOPS files were the starting point for developing the Aviary analysis input files as well. In “Stage 1,” the
aim was to demonstrate the kinetic tool’s ability to closely replicate FLOPS mission analysis results using
similar assumptions, a fixed mission profile following the trajectory FLOPS selected, using the same aircraft
configuration data.

Propulsion Modeling

To accurately capture the aircraft performance for mission analysis, propulsion system performance, espe-
cially relating thrust and fuel flow rate, is necessary. Previous research teams had conducted propulsion cycle
analysis and engine model calibration for the Pratt & Whitney PW1127G-JM engine powering the A320neo
aircraft. Data for this engine is in Table 10. This calibration process entails specifying a set of five mis-
sion point-performance requirements which the designed propulsion cycle must satisfy [5]. CMPGEN [26],
NPSS [19], and WATE++ [27] codes together form an engine design loop [5] converging engine cycle design
parameters to match engine performance as published in the ICAO Emissions Databank [32], subject to
manufacturer-published engine parameters like fan diameter and number of compressor and turbine stages.
Resulting modeled performance data is in Table 11. The final outputs from this engine design /calibration loop
are engine characteristics which result in an engine design matching published performance data. Steady-
state engine performance is captured in the form of an “engine deck” data table as previously described.
These outputs then feed into aircraft-level weight and mission analysis.

3.2.2 Mission Requirements

This vehicle’s mission profile, shown in Figure 3.1 is a 3,420 nmi design mission, consisting of a climb, step-
cruise, and descent, followed by a 200 nmi reserve mission to ensure the design carries sufficient fuel to reach
an alternate airport. The FLOPS mission definition also included a short cruise segment at 10,000 ft between
initial climb and climb to cruise altitude above 30,000 ft. To avoid perturbing the calibrated FLOPS vehicle
model, the researchers left this segment in the profile for that tool alone. Also of note, the FLOPS mission
permitted a sequence of “steps” in the cruise phase, so a sequence of short climbs interspersed with steady,
level cruise phases.

Assumptions

The following general assumptions applied to the analysis of the conventional transport aircraft modeled
here:

e Seating configuration: 18 first-class and 132 economy-class (Table 1)

e Initial weight in climb = 99.4105% of ramp weight

e Based on FLOPS climbout weight ratio, skipping taxi-out

e FAA speed limits enforced on FLOPS mission

e not exceeding 250 kn below 10,000 ft., at

e This speed limit was only enforced for the initial climb and descent in Olympus

e for FLOPS, 31 steps in climb segments
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Table 3.1: FLOPS Mission Definition for Conventional Vehicle

Phase Objective Constraints

Climb 1 Fuel W (minimize) h <10,0001ft, 0.3 < M., Vias < 250kn

Cruise 1 Fuel Wy (minimize) 1,000ft < h < 10,000,ft, 0.3 < My, < 0.4,
Sphase = 10nmi

Climb 2 (Reserve) Fuel W (minimize) h <33,000ft, 0.3 < My,

Step Cruise (Reserve) Fuel W, (minimize) 1,000 < h < 39,000, 0.78 < M, <0.78

Descent (Reserve) L/D (maximize) 0.3 < My, h < 10,000ft, Cp ges = 0.8,
Vias < 250kn below 10,000 ft

Climb 3 (Reserve) Fuel Wy (minimize) h < 25,000ft, 0.3 < My, Vias < 250kn
below 10,000 ft

Cruise 3 (Reserve) Fuel W (minimize) 1,000ft < h < 15,0001, 0.4 < M., <0.78

Hold Fuel (Reserve) W; (minimize) 1,000ft < h <1,500ft, 0.4 < M., <0.5

End h=0ft, M, =0.3

Overall Mixed objective R = 3420 nmi + 200 nmi (design + reserve)

e For FLOPS analysis, performance is constrained as follows

— Service ceiling: positive climb at h > 35,000 ft at Mach = 0.8
— Rate of climb: A > 250 ft/min at h = 35,000 ft, Mach = 0.8

e Thrust angle relative to freestream is negligible: € = 0 for Egs. (2.1)—(2.3)

(Step) Cruise ° Y
M0.78 M0.78 1 <39,000 ft
A p l
1 < 33,000 ft ‘2 |
1 "cé 1
1 = I e
! N = 1 Cruise %
1 N 1 Z
1 O |'\§. 4 A
L5 1O Hold : < 15,000 ft
1 O S ! 30minE
% 2 /s : =5 !
e e : M 0.3 MO0.4 @ !
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Target Range = 3,420 nmi Reserve Range = 200 nmi

Figure 3.1: Design and reserve nominal mission profiles of the conventional tube-and-wing
transport

The FLOPS trajectory optimization objectives used here are listed in Table 3.13.1. FLOPS mission
analysis here uses a step cruise at discrete altitudes in the range shown, similar to that implementation
in [33]. It also includes constraints applied to the trajectory optimization of each mission phase.

The kinetic mission formulation presented here assumes that whatever thrust is output by the propulsion
module is aligned with the velocity vector of the aircraft, so e = 0 in Equations (2.16) and (2.17). Further,
phase-specific assumptions appear in Table 3.2. Note the objective for all phases of the kinetic analysis
missions identically to minimize overall mission fuel burn. Unlike FLOPS, the kinetic analysis does not
support phase-specific objectives. In addition to the phase-wise constraints in Table 3.2, all phases up to
and including “FAA Descent 1”7 had distance constraints: s < 3,420 nmi. Also, FAA Descent 1 itself also
had a minimum: 1nmi < s. The reserve mission phases had upper distance bounds equal to the total sizing
range: s < 3620 nmi, except the hold segment which does not track distance. The reserve cruise phase also
lower-bounded distance to the design range:s > 3420 nmi.

10These Mach constraints were actually implemented as velocity constraints, with Mach number converted to speed in ft/s
at the respective min/max altitudes on the mission phases.
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Table 3.2: Kinetic Analysis Mission Definition for Conventional Vehicle

Phase Objective Constraints

FAA Climb 1 Fuel Wy (minimize) 1min < ¢ < 30min, A < 10,000 ft, 0.3 <
M <081 Vias < 250kn, 0<h0 V
0<~v<4° 5 <3,420nmi

Climb 1 Fuel Wy (minimize) 1min < ¢ < 45min, 10,000ft < h <
33,5001ft, 0ft/s < V < 1,000ft/s, 0.3 <
M. <0852 0<h, 0<V,-5°<~<5°,
s < 3,420 nmi

Cruise 1 Fuel Wy (minimize) 100min < ¢ < 1,000 min, 32,500ft < h <
35,000 ft, 0.65 < My, < 0.78%, —1° < y <
1°, =1 < ft/s h < 1ft/s, —0. 1ft/ <V<
0.1ft/s%, s < 3,420 nmi

Descent 1 Fuel Wy (minimize) 1min < ¢ < 30min, A < 35,000ft, 0.3 <

FAA Descent 1

Climb 2 (Reserve)

Cruise 2 (Reserve)

Descent 2 (Reserve)
Hold (Reserve)

Descent 3 (Reserve)

Overall

Fuel W; (minimize)

Fuel Wy (minimize)

Fuel W (minimize)

Fuel W (minimize)
Fuel W; (minimize)

Fuel W (minimize)

Fuel W (minimize)

M., <0.78%, —10° < v < 0°, s < 3,420 nmi
1min < ¢ < 1,000min, h < 10,000ft, 0.3 <
My°, V <4211t /s, Vias < 250kn, —10° <
v <0°, s < 3,420 nmi

3,420nmi < s < 3,620nmi, 1min < t <
1,000min, h < 1,500ft, Oft/s < V <
1,000 ft/s, 0.3 < M, <086 0<h,0<V,
—5° <y <5° 3,420nmi < s < 3,620 nmi
Imin < ¢ < 1,000, s < 3,620 nmi,
14,950ft < h < 15,000ft, 0.4 < My <
0.787, —1° <y < 1°, =1 < ft/s h < 1ft/s,
—0.1ft/s*> <V <0.1ft/s>

1min < ¢ < 1,000min, h < 35,000ft, 0.4 <
My, <0.78%, —10° < v < 0°, s < 3,420 nmi
t = 30min, 1,450ft < h < 1,500ft, 0.4 <
My, <057 —1° <y <1° —1< ft/sh <
1ft/s

lmin < ¢t < 1,000min, 1,000ft < &
15,000 ft, 0.3 < M, < 0.5'9, —10° < v
0°, s < 3,620nmi, h < 0ft/s, V < 0ft/s”
R = 3420 nmi 4 200 nmi (design + reserve)

<
<
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3.3 Novel SFNP Vehicle: SBW SROR

The novel vehicle considered for this study is the strut-braced wing (SBW) concept powered by a single
rotor open rotor (SROR) novel propulsion system, as shown in Fig. 3.2. This configuration was developed
by GT-ASDL as part of the NASA-sponsored Zero Emissions project. The SBW is intended to be a notional
and non-restricted notional common research model inspired by the Transonic Truss Braced Wing (TTBW)
concept developed by NASA and now being developed into the X-66A Sustainable Flight Demonstrator by
The Boeing Company [30, 1]. The planform of the SBW is derived from the three views presented in the
SUGAR Phase IV report [34]. Engineering Sketch Pad is the parametric geometry modeling tool used to
develop the geometry model for the SBW. The goal of the Zero Emissions effort was to develop a system-
level model of the SBW. For this to be possible, aerodynamics, structures, and propulsion models were
developed. A notional mission profile was also defined for this configuration based on a typical single-aisle

aircraft mission.
&] @ Previous research +

public information
T s Aqﬂ L » ~— « Engineering judgment

s q CFD optimization +
FE structural analysis

TTBW Sustainable Flight Demonstrator (X-66A) SBW Common Research Model

Figure 3.2: GT-SBW SROR, inspired by the NASA Sustainable Flight Demonstrator X-66A
TTBW. Left image credit: NASA, public domain, via Wikimedia Commons

3.3.1 Aerodynamics Model Generation by CFD Analysis

Mission analysis for the SBW required a set of drag polars spanning the entire operating envelope. This was
accomplished by first optimizing the wing and strut camber and twist distribution using fine-grid Reynolds-
Averaged Navier Stokes (RANS) CFD with an actuator disc representation of the SROR in the model.
The empennage, pylon, and nacelles were not part of this optimization problem, but their impacts on the
aerodynamic performance were included for drag modeling later. Additionally, all CFD cases assumed
fully turbulent flow, and the optimization did not focus on promoting natural laminar flow (NLF) over the
geometry. This was a major departure from the work documented in the SUGAR Phase IV report, which
included NLF benefits in the aerodynamics model. After the optimized geometry was obtained, the mission
aerodynamics models were generated using a multi-fidelity approach.

The Zero-Emissions Project work resulted in a steady-state aerodynamic drag model implicitly including
the effects of the SROR propulsion system on the airflow over the vehicle airframe, referred to here as the
“weakly-coupled” model. Although the mission analysis for the Zero Emissions effort used the “weakly-
coupled” steady-state drag model discussed below, two additional aerodynamics data sets were developed for
this MBSA&E study, one model of the aerodynamics uncoupled from the propulsor model, and another set
of CFD cases including the propulsor to model throttle-dependent drag, referred to as the “strongly-coupled”
model.

Partial Coupling of Aerodynamics and Propulsion (Weakly-Coupled)

In the “weakly-coupled” strategy, the operating envelope was sampled extensively using coarse grid RANS
simulations, which were significantly cheaper to run than the finer grid cases used for the outer mold line
optimization. Following this, a smaller sample of fine grid RANS cases was run at key operating points as
well as for a random selection of points. A hierarchical Kriging [35] model was then used to correct the
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Figure 3.3: Weakly-coupled aeropropulsive force interface in strut-braced wing aircraft model

low-fidelity data with the high-fidelity results to generate a combined aerodynamics model that was sampled
to produce a table predicting C'p as a function of C}, for different Mach and altitude combinations. For
both the coarse and fine grid RANS cases, a horizontal tail was included in the CFD model. The incidence
angle of this surface was adjusted to achieve a zero pitching moment at the center of gravity for each sample.
Additionally, the SROR thrust was adjusted iteratively within a given CFD simulation to ensure that thrust
and drag balanced each other for each sample. In short, equilibrium was enforced for each CFD sample.

The pylon drag was assumed to be 14 counts (a coefficient of 0.0014) at cruise conditions based on the
SUGAR Phase IV report, but Mach and Reynolds number corrections were included to account for changes
in flight conditions relative to the reference operating point. Similarly, the vertical tail was assumed to
produce 14 counts of drag at this reference cruise condition, estimated from a CFD simulation that included
the geometry for the vertical tail. Like with the pylon, the drag estimate was corrected for variations in
Mach and Reynolds number

Note that since the SROR was present in the CFD model used to generate the polars, the aero-propulsion
interactions were captured in the drag polar data, even though the lift and drag coefficients were computed
by only integrating the pressure and shear contributions over the airframe. The mission analysis phase This
coupling was not explicitly captured in however, since the models from this CFD study did not include an
input for engine power setting, implying that drag was independent of throttle setting, dependent only on
flight condition variables M., altitude h, and lift coefficient C'r,. The propulsive force model independently
computed thrust as a function of M., h, and P. The force interface described in Section 2.4.6 and shown in
Figure 3.3 separately-bookkeeps these aerodynamic and propulsive forces before summing them in Egs. (2.27)
and (2.28). Hence, this model is referred to as “weakly coupled,” since interactions of the propulsion system
with flight forces were indirectly and not completely consistently accounted for.

Aerodynamics Model Uncoupled from Propulsion (Uncoupled)

The “uncoupled” approach generated the drag polars for the SBW in the same manner as above, but this
time without the SROR in the CFD model. Thus, no aero-propulsion interactions were accounted for in this
data set, representing a complete uncoupling of the propulsion system from the aircraft aerodynamics. The
Cp and Cp, estimates from this model only capture the SBW geometry impact on the airflow.
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Aerodynamics Model Fully Coupled With Propulsion (Strongly Coupled)

The third data set involved calculating streamwise and stream-normal force coeflicients Cr, and Cr, respec-
tively. The difference between these coefficients and the traditional drag and lift coefficients is the inclusion
of the propulsor contributions to the forces. In other words, the SROR thrust contribution in the z-direction
in the wind axes is also included with the airframe pressure and shear contributions in the same coordinate
direction. Similarly, the SROR thrust contribution in the z-direction of the wind axes is included with the
contributions that would have counted towards the lift coefficient only. In this method, the contributions
from the airframe and propulsor on the net streamwise and stream-normal forces are considered together,
making it a more coupled approach. Like with the polar datasets, surrogate models for Cr, and Cp, are
generated using a multi-fidelity approach. A set of 200 coarse grid RANS cases is used to sample the oper-
ating space defined by Mach number, Reynolds number, angle of attack, and power code (throttle setting).
An initial Kriging model is fit to these low-fidelity data and fed to the Olympus mission analysis to assess
the aircraft’s initial trajectory and key operating points. These operating points, along with a smaller space-
filling set of points, 30 in total, are then selected to run with a fine-grid RANS CFD simulation. Like before,
hierarchical Kriging is used to combine the datasets into multi-fidelity models for Cr, and CF,, which are
then fed into Olympus for the final mission analysis.

3.3.2 SROR Propulsion Model

The propulsion model for the SROR is developed in NPSS. It is inspired by the CFM Rise concept, but relies
on public information and physics-based analysis to complete the model. The SROR has a single puller rotor
with swirl recovery vanes behind. Starting with the SR3 geometry, the blades were then optimized using an
in-house blade element momentum code that accounted for compressibility effects, sweep impacts, and the
interactions between the rotor and the recovery vanes. The engine architecture, in particular, is based on
information drawn from two US patents: US 2021/0108597 A1 and US 2020/0308979 A1. This architecture
was optimized in NPSS to provide a reasonable level of performance that is representative of next-generation
concepts.

3.3.3 Structural Weights Model

On the structures side, weight estimates for the SBW fuselage and empennage are obtained from standard
FLOPS regressions. The engine weight comes from WATE++. Weights for the main SBW lifting surface
assembly, i.e., the wing, strut, and jury, cannot be adequately captured by the FLOPS weight regressions,
which are based on conventional tube and wing aircraft. As such, a physics-based structural sizing approach
was used to obtain these weights as part of the Zero Emissions project. This approach was centered around
using the Nastran finite element structural analysis tool, and Collier Aerospace’s HyperSizer tool as the
means for failure analysis and sizing. Aerodynamic loads were provided by an Euler solution from Cart3D
software and were integrated with the structure via matching-based extrapolation of loads and displace-
ments (MELD) [36]. The primary structural geometry was modeled with plane-stress assumptions and AS-4
composite tape material properties. A number of strength- and stability-based failure modes were set up as
constraints in the global-local component-based sizing process.

A design of experiments was executed with the structural sizing model to fit a surrogate model to the
combined wing, strut, and jury assembly weight as a function of aircraft gross weight, engine weight, and
planform area. However, engine and planform weights were fixed for this study. The team member who
re-implemented the weight surrogate’s in the MDAO environment validated its results by comparing to the
FLOPS/EDS environment results.

The wing weight surrogates must be called outside the FLOPS execution. A gross weight for the aircraft
is assumed initially to obtain the wing weights, which inform the empty weight of the aircraft. These weights
then become inputs to the mission analysis. FLOPS iterates over gross weight values until it satisfies the
range requirement during mission analysis [3]. The final aircraft gross weight from FLOPS may be different
than the input used for the weight surrogates. As such, the aircraft gross weight input to the lifting surfaces
weight surrogates is updated iteratively till this input is consistent with the value chosen by FLOPS. In the
kinetic mission analysis framework, since the wing weight surrogate is integrated into the optimization, it
handles this iteration internally as it designs the gross weight.
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3.3.4 Mission Requirements

Finally, a notional single aisle mission is defined for the SBW as shown in Fig. 3.4. Carrying a payload of
150 passengers, the aircraft is sized for a 3,402 nmi design mission range and a 200 nmi reserve mission.
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Figure 3.4: Design and reserve mission profiles for the FLOPS model of the SBW

The reserve mission includes a 30-min hold as well at 1,500ft. An off-design mission with a 900 nmi
range is also analyzed, with the same reserve mission requirements. The total fuel for the design and reserve
missions is multiplied by a factor of 1.03 to determine the required fuel. In FLOPS, all climb segments
are optimized for minimum time to climb. Cruise occurs at maximum specific range, and descents occur at
maximum aerodynamic efficiency.
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Chapter 4

Results

4.1 Conventional Vehicle Results

The conventional, tube-and-wing configuration analysis for this project was intended to establish a baseline
of comparison between the various mission analysis methods being developed and used in this effort. NASA’s
FLOPS software was considered the control case for this set of experiments, against which the others were
compared. It is expected that FLOPS results for this type of configuration are reasonably accurate, since
this type of vehicle is well within the domain of data used in developing FLOPS empirical relations and
analysis methods.

4.1.1 NASA Aviary Framework Analysis

Using Aviary’s Level 2 API implementation, a FLOPS case was converted to an Aviary-compatible input
using the conversion script included in the repository. While most variables were successfully converted over,
some variables were manually converted by looking up the variable name and augmenting the converted
input files. Furthermore, some of the variables that were converted over were erroneously assigned wrong
values or were missing units, these entries were also corrected manually.

The mission phases were also implemented in Aviary, which also relies on the Dymos optimal control
library [12] to optimize the trajectory according to a selected objective, with respect to select state and
control variables. Objective options include vehicle mass, fuel carried plus a time-to-climb penalty, fuel
burned, or negative of range plus a time-to-climb penalty [37]. For the present sizing problem, the objective
defaults to the fuel-plus-time-to-climb option. Note that this is slightly different from the Olympus objective,
which does not include a time penalty. Similar to the Olympus implementation, the Aviary formulation
requires specifying phase duration bounds and phase initialization bounds. Thus, the mission segments were
added incrementally to ensure the optimizer was able to solve the problem as mission segments were added
to the problem.

Initial tests were run next to understand the differences between Aviary’s formulation and to alter input
files to replicate the mission setup implemented in FLOPS and Olympus. Most notably, during the early
phases of development, Aviary’s reserve mission analysis was not fully functional. Later, with the reserve
mission then functional, its implementation, unlike that of FLOPS and Olympus did not allow for distance
state across multiple phases of the reserve portion of the mission to be constrained. Instead, the developers
included state constraints for each phase of the reserve portion of the mission. This phase constraint feature
was then used in a trial-and-error loop to mimic the trajectory produced by Olympus.

Furthermore, while Olympus defined a hold segment as one where the vehicle maintained a steady fuel
burn at a fixed throttle setting, the distance state did not accumulate during the phase. In contrast, Aviary,
while maintaining a steady fuel burn, also tracked the distance traveled during the phase. Hence, the distance
state in the Aviary distance cross-plots shows distance as tracking steadily in contrast to the other two tools.
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4.1.2 Results and Comparisons

The following section includes plots that overlay data from all three tools on the same axes, for the sizing
mission (design plus reserve portions). However, due to the differences in fidelity, not all data are uniformly
available. Additionally, while all three codes were run with both a main mission and a reserve mission,
it should be noted that for all the results shown, the FLOPS code does not provide state data for the
reserve mission as part of it results. Hence, FLOPS state data for its reserve mission have been excluded.
Furthermore, the tables included in this section detail data obtained for overall mission phase types (not
separating climb into FAA and non-FAA portions) to streamline the relevant observations.

The following figures illustrate various features of the optimal trajectories found by each of the mission
analysis tools, in terms of a few key state variables. Each trajectory represents a sized vehicle of a certain
initial ramp weight flying a series of mission phases as defined previously (Table 3.1 and 3.2). Both FLOPS
and Aviary were free to design ramp weight (or mass, in Aviary’s case) in order to fly the given mission range
in such a way to minimize the respective objectivve function. They thus optimized the initial weight point
in Table 4.4 and Figure 4.2. Olympus, however Figure 4.1 is a comparison plot containing the timeseries
for altitude and velocity magnitude versus distance state curves for the results obtained from all three codes
overlaid on the same axes. It can be seen that the converged solutions enforce the distance constraints
similarly with the notable exception of the reserve mission results generated by the Aviary tool as discussed
in section 4.1.1 previously.

Across the subplots in the figure, it can be seen that the FLOPS controls create sharp jumps in velocity
and altitude corresponding to the step climb that was coded into the setup.
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Figure 4.1: A320neo Distance Comparison Cross-plots

Furthermore, it is also worth noting that Olympus predicts an optimal trajectory for the A320neo vehicle
has a cruise phase at an overall lower velocity magnitude and altitude, compared to either of the FLOPS
or Aviary trajectories (Figure 4.1). It also gradually reduces speed, especially toward the end of the cruise,
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taking advantage of the slightly nonzero acceleration allowed in that mission phase. This is also illustrated
in the durations listed by segment in Table 4.1.

These differences between Olympus, Aviary, and FLOPS may be due to the result of different modeling
approaches or differences in optimizer settings. Recall the slightly different objective functions for the tools,
FLOPS taking a more granular, per-phase approach than Olympus which simply minimizes the overall
mission fuel burn.

Table 4.1: A320neo Results Comparison: Segmentwise Duration (min)

Phase  FLOPS Olympus Aviary

Climb 16.35 19.29 22.54
Cruise 434.96 444.79 | 42541
Descent 32.45 23.72 29.18

Although not visible in the distance crossplot figure, Table 4.2 shows that the per-phase distances
traveled estimated by each tool were of similar order but varying in magnitude. Aviary in particular is short
by approximately ten nmi from the distance constraint imposed. While this was not investigated further, it
is possible that control over this behavior may be unavailable at the Level 2 API.

Table 4.2: A320neo Results Comparison: Segmentwise Distance (nmi.)

Phase FLOPS Olympus Aviary

Climb 96.80 111.81 144.49
Cruise 3236.30 3125.73 | 3108.57
Descent 158.70 129.11 148.94

Table 4.3: A320neo Results Comparison: Segmentwise Altitude (ft.)

Phase FLOPS Olympus Aviary

‘ Start ‘ End ‘ Start ‘ End ‘ Start ‘ End
Climb 0 | 35000 0.00 | 32217.97 0.00 | 33499.28
Cruise 35000 | 39000 | 32217.97 | 34200.59 | 33499.28 | 35000.00
Descent | 37000 0 | 34200.59 | 10000.00 | 35000.00 500.00

Figure 4.2 focuses on the beginning and the end of the main mission phases while also introducing a new
state, weight to the comparison. The altitude vs distance plot shows that while both FLOPS and Olympus’
results show that the A320neo’s distance value at the end the descent phase at the main mission range mark,
Aviary’s solution ends the descent phase earlier.

On a different note, the weight vs distance plot shows a constant offset between FLOPS/Olympus and
Aviary due to how the Olympus model was initialized using the FLOPS sized vehicle. This can be seen
in Table 4.4 which shows the weight at the start of each segment for each of the tools. Also recall that
FLOPS included a 10-nmi cruise midway through its climb to cruising altitude, which neither Olympus nor
Aviary models accounted for. Experimenting with removing this segment from the FLOPS mission definition
slightly reduced the converged vehicle ramp weight, as may be expected due to eliminating fuel burn for the
extra acceleration from cruise to climb.

Again note that Olympus selects a lower, decreasing velocity during the cruise phase, resulting in a longer
mission time versus Aviary or FLOPS’ analyses, as evident from the data plotted in Figure 4.3. One may
hypothesize that the difference in objective — maximum range versus maximum specific range — might
account for some of this difference in cruise velocity.
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Figure 4.2: A320neo Distance Comparison Cross-plots

Table 4.4: A320neo Results Comparison: Segmentwise Weight (1bf)

Phase  FLOPS  Olympus Aviary

Climb 174020 | 174020.00 | 175792.45
Cruise 147691 | 171348.01 | 172736.64
Descent | 140860 | 142280.51 | 143642.52
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Figure 4.3: A320neo Time History Comparison

The climb rate subplot in Figure 4.3 shows spikes in the FLOPS climb rate command at the step cruise
time marks. This discontinuous spiking is consistent with the fact that FLOPS does not directly solve the
equations of motion throughout the entire mission, rather allowing somewhat non-physical state transitions
especially at the boundaries of mission phases like climb and cruise. Olympus on the other hand enforces
continuity in states and state rates such as climb rate, via the governing equations of motion (Egs. (2.9)
and (2.10)) common to all flight phases.

At the level of the overall mission and vehicle final, optimized vehicle ramp weights, range, total sea-
level static thrust, wing planform area, and other weights of interest are listed for each type of analysis
in Table 4.5. In this table, T//n. represents thrust per scaled engine at sea-level-static conditions. OEW is
the operating empty weight, that is, weight of the aircraft before any mission fuel, passengers, or other cargo
is loaded. It includes miscellaneous operational overhead weights such as lubricant, safety equipment, and
crew. The payload weight Wp includes passengers and their baggage. The change in weight over the design
portion of the mission Wy gesign represents the fuel burned during the design mission of 3,420 nmi. Total
theoretical fuel loaded on the aircraft Wy includes reserve fuel used for the 200-nmi reserve mission, plus the
5% margin on the design mission fuel burned.

The reader should note that none of the fuel weights shown here account for ground segments besides
initial taxi-out and takeoff. In the kinetic analysis taxi-out and takeoff fuel burn is not modeled as other
mission phases, but simply estimated as a fixed percentage of the ramp weight, based on the fuel fraction
from FLOPS (99.4105%). Also note that neither FLOPS nor the kinetic analysis properly constrain fuel
load according to fuel tank capacity. This means it is possible for a maximum fuel load (W; = Wy — OEW)
to exceed the specified available fuel tank capacity, and therefore the fuel structural mass may be somewhat
inconsistent with the fuel weight shown in Table 4.5.
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Differences in the computed fuel weights between the tools here may be attributable partly to different
objective functions and constraints. Namely, the FLOPS minimum fuel-to-climb and descent max L/D
objective differs from Aviary’s composite, fuel-plus-time-to-climb objective, which also differs from the kinetic
analysis’ minimum overall fuel burn objective objective. In the end, the aircraft designer must select the
objective according to the design or analysis goals. As for constraints, the FLOPS analysis was constrained to
fly at discrete, fixed altitudes and a fixed cruise Mach number, whereas the kinetic analysis could optimize
these for minimum fuel burn in cruise as well. This explains why the gradual deceleration in velocity
(Figure 4.1) may be observed in the kinetic analysis compared to the FLOPS analysis. FLOPS had the
option to step-climb, choosing altitudes

Table 4.5: Results of Analyses of Conventional Aircraft for 3,420-nmi Sizing Mission

Analysis Wy [Ibf]  T/n. [Ibf] * S [ft)]  OEW [Ibf] Wp [Ibf] Wy design [Ibf] W [Ibf]

FLOPS 175,052 27,076.7 1,341.10 100,965 33,000.0 34,701 41,087.3
Aviary 175,792.4 27,076.7 1,341.10 105,879.15 33,000.0 32,159.5 36,913.3
Olympus 175,052 27,076.7 1,341.10 100,670 33,000.0 33,704.3 41,381.71

The kinetic mission analysis framework also includes the ability to fix ratios of thrust to weight and wing
loading, computing the thrust and wing area as functions of these parameters and the sized vehicle’s ramp
weight, mimicking the FLOPS sizing mode. The result of running this mode with the conventional vehicle
is summarized in Table 4.6.

Table 4.6: Sized Vehicle: Parametrically Varied 7" and S

Analysis Wy [Ibf] T/n. [Ibf] 2 S [ft]] OEW [Ibf] Wp [Ibf] AWgesign [Ibf] Wy [Ibf]
Olympus 171,857 26,586.3  1,316.6 99,677.9  33,000.0 33,097.6 39,179.22

4.2 Novel Vehicle Results

The mission analyzed is a 4450 nmi sizing mission, which includes a 4250 nmi design mission followed by a
200 nmi reserve mission. Three distinct cases are being run for the SBW SROR, summarized below:

e Uncoupled mission analysis - Uses a conventional decomposition of forces: lift, weight, thrust,
drag. There is no SROR in the CFD model ( i.e., CL and CD do not account for any rotor-airframe
interactions).

e Weakly-coupled mission analysis - Uses a conventional decomposition of forces: lift, weight, thrust,
drag. There is a SROR in the CFD model, and therefore, rotor-airframe interaction impacts are
captured in the calculated CL and CD from the geometry.

e Strongly-coupled mission analysis - There is no separation of forces and the general force decompo-
sition of F, and F, is used instead. There is a SROR in the CFD model, and therefore, rotor-airframe
interaction impacts are captured in the calculated CL and CD from the geometry.

All three of the above cases are run in Olympus, while only the first two of these cases are run in FLOPS
because it is unable to do a general F, and F, force decomposition that is required for the third case.

IThrust per engine, sea-level static max rated thrust
2Thrust per engine, sea-level static max rated thrust
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4.2.1 Legacy Analysis

The FLOPS mission profile for the SBW SROR uncoupled sizing mission analysis case can be seen in
Figure 4.4 while the weight dependence with time can be seen in Figure 4.5. The aircraft climbs up to an
altitude of 40,196 ft, does a Mach 0.8 steady speed cruise-climb up to an altitude of around 42,163 ft, and
then begins to descend to its final destination. This entire mission takes around 491.74 minutes for the
aircraft to complete.
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Figure 4.4: Altitude vs Time for SBW SROR FLOPS uncoupled sizing mission analysis
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Figure 4.5: Weight vs Time for SBW SROR FLOPS uncoupled aeropropulsive sizing mission
analysis

The second case being run in FLOPS is the SBW SROR weakly-coupled aeropropulsive sizing mission
analysis case, for which the results can be seen in Figure 4.6 and Figure 4.7 respectively. The aircraft climbs
up to an altitude of 38531 ft, which is slightly lower than before, then proceeds to do a Mach 0.8 steady speed
cruise-climb. Once the aircraft reaches an altitude of 40469 ft, it starts to descend to its final destination.
The entire mission takes around 484.10 minutes to complete, which is a slightly faster time than in the
uncoupled sizing mission analysis case.
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Figure 4.6: Altitude vs Time for SBW SROR FLOPS weakly-coupled aeropropulsive sizing
mission analysis

145000 T

140000 T
) :
= 135000 t FLOPS - climb
R —— FLOPS - cruise
.ob —— FLOPS - descent
é 130000 T

125000 1

120000

0 100 200 300 400 500
Time (min)

Figure 4.7: Weight vs Time for SBW SROR FLOPS weakly-coupled aeropropulsive sizing
mission analysis

4.2.2 Kinetic Analysis

The Olympus mission profile for the first case, namely the SBW SROR uncoupled sizing mission analysis,
can be seen in Figure 4.8 while the weight change with time can be seen in Figure 4.9. It can be observed
that the aircraft climbs up to an altitude of around 41500 ft after which it reaches its cruise Mach number
of 0.8 and proceeds to do a steady speed cruise climb for the majority of the mission. As it approaches its
final destination, the aircraft begins its descent phase at an altitude of 44430 ft. There is a slight change in
the descent rate initially, however it does level off to a constant value after a short period of time. The 200
nmi reserve mission is included as well in these plots, with the aircraft climbing back up to an altitude of
20000 ft and cruising for a very short amount of time after which it descends to an altitude of 1500 ft. At
this 1500 ft altitude, it proceeds with a 30 minute hold segment followed by a final descent to its destination.
The duration of the design mission is approximately 482.5 minutes and the duration of the reserve mission
is 74.7 minutes, coming up to a total sizing mission duration of 557.2 minutes.
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Figure 4.8: Altitude vs Time for SBW SROR Olympus uncoupled sizing mission analysis
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Figure 4.9: Weight vs Time for SBW SROR Olympus uncoupled aeropropulsive sizing mission
analysis

The second case of the SBW SROR weakly-coupled aeropropulsive sizing mission analysis is run in
Olympus, with the mission trajectory and weight-time dependence being shown in Figures 4.10 and 4.11
respectively. The aircraft climbs up to an altitude of 39750 ft after which it begins its Mach 0.8 steady speed
cruise-climb. Towards the very end of the cruise-climb segment, there is a slight increase in the climb rate,
followed by a sharp decrease, with the aircraft even losing some altitude before it officially began its descent
segment at an altitude of 41040 ft. The descent is very gradual in the beginning, followed by an increase
in descent rate later on until a certain constant value is reached. The reserve mission is largely similar to
the one in the first case, with the exception that the aircraft starts almost immediately losing altitude once
it reaches its 20000 ft cruise altitude. The total mission time is 551 minutes, with a design mission time of
475.6 minutes and a reserve mission time of 75.4 minutes.
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Figure 4.10: Altitude vs Time for SBW SROR Olympus weakly-coupled aeropropulsive sizing
mission analysis
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Figure 4.11: Weight vs Time for SBW SROR Olympus weakly-coupled aeropropulsive sizing
mission analysis

The results of the final case run in Olympus, namely the SBW SROR strongly-coupled aeropropulsive
sizing mission analysis, are shown in Figures 4.12 and 4.13. It can be seen that the aircraft climbs up to an
altitude of 38840 ft when it reaches its cruise Mach number of 0.8. There is a sudden decrease in altitude of
around 600 ft at the beginning of the cruise-climb phase, followed by a standard gradual increase in altitude
until the aircraft comes close to its final destination. The descent happens at a starting altitude of 39500 ft.
The reserve mission is somewhat similar to the second case, with the exception being that the first descent
segment has a much higher descent rate initially. The first descent also happens immediately when the
aircraft reaches 20000 ft, meaning that it is not very fuel efficient for it to cruise at this altitude. The total
mission time is 552 minutes, with a design mission of 481 minutes and a reserve mission time of 71 minutes.
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Figure 4.12: Altitude vs Time for SBW SROR Olympus strongly-coupled aeropropulsive sizing
mission analysis
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Figure 4.13: Weight vs Time for SBW SROR Olympus strongly-coupled aeropropulsive sizing
mission analysis

4.2.3 Comparisons
Uncoupled Mission Analysis

A direct comparison between the FLOPS and Olympus runs for the SBW SROR uncoupled mission analysis
can be seen in Figures 4.14, which depicts the change in altitude with distance traveled, and 4.15, which
depicts the change in weight with distance traveled. In the first of these plots, it can be observed that the
climb segment is largely the same between the two codes up to an altitude of 40,000 ft when the aircraft in
the FLOPS run does an immediate change in its rate of climb and starts its cruise climb segment. In the
Olympus case, the aircraft continues to climb to a higher altitude, and it has a more gradual transition to
the cruise segment. In the Olympus case, the aircraft also begins its descent further away from the final
destination than in the FLOPS case, with a much more gradual descent happening compared to the FLOPS
case, which is almost instant.
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Figure 4.14: Altitude vs Distance (Comparison between Olympus and FLOPS for SBW SROR
uncoupled aeropropulsive sizing mission analysis)

The reason why the SBW aircraft can climb to a higher altitude in the Olympus run is because it has a
lower ramp weight, as can be seen in Figure 4.15. As the aircraft travels towards its final destination, the
gap in instantaneous gross weight between the FLOPS and Olympus runs starts narrowing.
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Figure 4.15: Weight vs Distance (Comparison between Olympus and FLOPS for SBW SROR
uncoupled aeropropulsive sizing mission analysis)

Weakly-coupled Aeropropulsive Mission Analysis

The second comparison that can be made between FLOPS and Olympus is for the SBW SROR weakly-
coupled aeropropulsive sizing mission analysis, shown in Figures 4.16 and 4.17. Again, the climb portion
between the two runs is largely the same up to an altitude of around 38500 ft when the aircraft begins its cruise
climb segment in the FLOPS case, while it continues climbing to a slightly higher altitude in the Olympus
case. The discrepancy in cruising altitude between the two codes in the weakly-coupled aeropropulsive case
is however significantly smaller than in the uncoupled case. The descent again happens slightly earlier in
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the Olympus run. Both the transitions from climb to cruise and from cruise to descent are also much more
gradual in the Olympus run compared to the FLOPS run, where the transitions are essentially instantaneous.
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Figure 4.16: Altitude vs Distance (Comparison between Olympus and FLOPS for SBW SROR
weakly-coupled aeropropulsive sizing mission analysis)

In Figure 4.17, it can be seen that the converged ramp weight of the SBW in the Olympus run is slightly
lower than the ramp weight of the SBW in the FLOPS run, which in turn allows it to reach slightly higher

altitudes as a result of less lift being required. The gap in instantaneous gross weight between the two runs
starts narrowing as the aircraft gets closer to its final destination.
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Figure 4.17: Weight vs Distance (Comparison between Olympus and FLOPS for SBW SROR
weakly-coupled aeropropulsive sizing mission analysis)

4.2.4 Summary

A bar chart showcasing the ratio of fuel used up during each flight segment for all 5 runs can be seen in
Figure 4.18. It can be observed that the vehicles from FLOPS runs expend a higher percentage of fuel during
the cruise segment than the vehicles from the Olympus runs. The opposite is true when it comes to the climb
and descent segments, with the vehicles from the Olympus runs expending a larger fuel portion during these
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segments than their FLOPS counterparts. This is especially evident for descent, which can be explained by
the fact that FLOPS assumes an idle descent condition and extrapolates its fuel consumption accordingly,
while Olympus enforces a throttle value of at least 0.05. The reserve mission fuel usage is similar across all
5 runs with minimal differences.

BN FLOPS (Non-coupled mission analysis)
0.7 Hl FLOPS (Weakly-coupled mission analysis)
0.6 HE Olympus (Non-coupled mission analysis)
B Olympus (Weakly-coupled mission analysis)
0.5 Bl Olympus (Strongly-coupled mission analysis)

0.4

0.3

0.2

Ratio of Total Sizing Mission Fuel
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0.0

Climb Cruise Descent Reserve
Scgments

Figure 4.18: Percentage of total sizing mission fuel taken up by each phase for all 5 analysis
cases

The main results of interest, including the ramp weight, design mission fuel weight, reserve mission fuel
weight, and the total mission fuel weight, for the SBW SROR from all 5 runs are summarized in Table 4.7.
It can be seen that the ramp weight and fuel weights are lower in the Olympus runs when compared to their
equivalent FLOPS runs. The addition of aeropropulsive effects leads to an increase in ramp weight and fuel
weight in both FLOPS and Olympus. The increase in ramp weight due to the addition of aeropropulsive
effects caused by the introduction of the SROR in the CFD model is around 2.02% in FLOPS and 2.34%
in Olympus. When it comes to the total mission fuel weight, considering aeropropulsive effects leads to a
9.38% increase in FLOPS and a 10.47% increase in Olympus. Finally, using a general force decomposition
approach in Olympus only leads to a 0.063% percentage increase in ramp weight and a 0.27% percentage
increase in total mission fuel weight. While this difference may seem small, the aircraft’s trajectory using
the general force decomposition is quite different than the one using the conventional force decomposition,
as it was shown earlier. This is also evident in the discrepancy in the design mission and reserve mission
fuel weights, with the general force decomposition approach run using 2.19% more fuel during the design
mission and 10.97% less fuel during the reserve mission compared to its conventional force decomposition
counterpart.

Table 4.7: Summary of SBW SROR sizing mission results for different case studies

Model Ramp Weight [Ibf] | Design Mission Fuel Weight [Ibf] | Reserve Mission Fuel Weight [Ibf] | Sizing Mission Fuel Weight [Ibf]
FIlJOlPS (Uncogpled 142581 29871 3034 26805
mission analysis)

FIlJOlPS (\’\/eak}y-coupled 145454 25132 4188 29320
mission analysis)

Olympus (Uncoupled 140582 21680 3888 25568
mission analysis)

Ol.ympus (Wca.kly-couplcd 143871 24934 4140 28374
mission analysis)

Ollynlxpus (Strqngly»coupled 143961 24764 3686 28450
mission analysis)
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4.3 Influence of Optimizer Settings

Prior to this particular MBSA&E effort, researchers at GT-ASDL had recognized that optimizer settings
could account for the difference between a trajectory optimization such as those described here, converg-
ing or not. Convergence for the purposes of this work means the optimizer exited with a “success” status
message, saying “Optimal Solution Found.” Settings are optimizer specific, but the Interior Point OPTi-
mizer IPOPT tool [14] used for this study has many settings, which the documentation writers humorously
acknowledge [38], which include a number of tolerances and search parameters such as listed in Table 4.8.

Most of the settings retained values at or near their default values as set by the developers of IPOPT. For
others, the researchers tuned them to suit the needs of the present work, usually either to obtain more precise
results or to save computational time. Larger tolerances typically led to what seemed to be nonlinearly faster
convergence times, as measured in numbers of TPOPT iterations. When debugging or rapidly iterating
on certain aspects of the vehicle models, some researchers set tolerances more leniently to help expedite
convergence. Though most model runs had iteration maximums (max_iter), these did not affect the results,
provided the optimizer converged to a point meeting its optimality criteria based on the given tolerances,
etc. The overall tolerance (tol) for much of the work was large enough that other settings, presumably
absolute tolerances like constr_viol_tol and compl_inf_tol from Table 4.8, seemed to actively determine
the stopping point. Another type of setting found to lie between problems which converged and those which
did not are the barrier parameter settings mu_init and mu_strategy. In particular, a version of the SBW
model converged with an adaptive mu_strategy but stopped converging with the default Fiacco-McCormick
strategy (tested due to its usage by the Aviary [4] developers) with a small mu_init = 10~°. Hopefully,
this discussion gives a sense of the level of precision with which the NLP for these optimization problems is
solved in this work.

Table 4.8: Subset of Optimizer Settings

Setting Name in IPOPT Options [38] Usage in Current Work

Overall nonlinear problem relative error | tol < 1, exactly 1 for SBW and 0.001
for conventional vehicle

Constraint violation absolute tolerance | constr_viol_tol usually < 10~% default in IPOPT

Complementarity absolute tolerance compl_inf_tol usually < 10~* default in IPOPT

Dual infeasibility absolute tolerance dual_inf_tol left at IPOPT default: 1

Barrier parameter initial guess mu_init 1075 (default in IPOPT: 1071)

Barrier parameter update strategy mu_strategy varied throughout project
(default in TPOPT: “monotone”
Fiacco-McCormick)

NASA/CR-20250007059 43



Chapter 5

Conclusion

The traditional approach for aircraft mission analysis using the familiar force decomposition into lift, weight,
thrust, and drag faces challenges when applied to novel configurations that exhibit strong aero-propulsive
coupling. A clear, unambiguous force decomposition is not always possible. The research discussed in
this report presented an alternative formulation to the equations of motion that is more generalizable and
amenable to modern trajectory optimization strategies. The force decomposition required by the traditional
approach is no longer necessary.

A new tool called Olympus was developed that conducted mission analysis using this kinetic formulation
of the equations of motion. To demonstrate this new approach and assess the benefits and drawbacks over
the traditional methodology, two use cases were defined. The first use case was a conventional tube and
wing vehicle that is intended to be a notional representation of an Airbus A320neo single-aisle aircraft. The
second use case was a more advanced, novel, single-aisle tube and wing called the Strut Braced Wing. The
Strut Braced Wing is intended to be a notional representation of Boeing’s Transonic Truss Braced Wing
(now X66) concept, developed as part of the NASA-funded Zero Emissions project. However, unlike the
X66, the SBW is powered by a large Open Rotor. This rotor wake influences the airflow over the wing and
strut, thereby resulting in stronger aero-propulsion interactions relative to a conventional vehicle.

The results from the benchmark A320neo runs verified the Olympus tool’s ability to solve the vehicle
sizing problem by comparing the results generated by the Aviary tool and FLOPs. With the exception of
the ground segments and minor differences in how the constraints were setup, the Olympus tool’s results
match closely with those from Aviary and FLOPS.

The SBW use case was run with three sets of aerodynamics data. The first set was a table of Cp
vs. Cp, Mach and altitude, where the the lift and drag coefficients were computed on the SBW airframe
that experienced the SROR wake. As such, the aero-propulsion interactions were accounted for in the
aerodynamics data. This was called the “weakly-coupled” approach. In the “uncoupled” data set, the SROR
was removed from the CFD model and the mission drag polar data was re-generated. As such, this set did
not account for the aero-propulsion interactions. Finally, the third data set (“strongly-coupled”) modeled
the net streamwise and stream-normal force coefficients as a function of Mach, Reynolds number, power
code, and angle of attack. These coefficients added the SROR thrust contributions resolved in the = and z
directions of the wind axes to the C, and Cp calculations. The FLOPS analysis for the SBW was run with
both the uncoupled and weakly-coupled data sets, while the Olympus runs used all three data sets.

The strongly-coupled results from Olympus show a 2% higher design mission fuel burn compared to
the weakly coupled results, suggesting that the decomposition of the net streamwise force into thrust and
drag is not as critical for this aircraft. However, when comparing the strongly-coupled Olympus design
mission fuel burn to the non-coupled Olympus mission fuel burn, a 14% difference is observed. In other
words, ignoring the aero-propulsion interactions for this configuration when generating the aero data tables
results in a 14% under prediction of fuel burn, which is substantial. The difference between the FLOPS
results (weakly coupled relative to uncoupled) and the Olympus results for the same pair are comparable at
10% and 12% respectively. In short, the results clearly demonstrate that for concepts with stronger aero-
propulsive interactions, the traditional uncoupled approach for handling the aerodynamics and propulsion
disciplines separately can result in a substantial mis-estimation of the performance.
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Appendices

Conventional Model Data

Table 1: Conventional Vehicle Characteristics

Specification Variable Value Units Source/Notes
Operational Empty Weight DOWE 100,962 | lbs
Max Take-Off Weight MTOW 174,165 | lbs APM
Max Landing Weight WLDG 148,591 | lbs APM
Ramp Weight GW 175,047 | lbs APM
No. Economy Passengers NPT 138 | pax Payload-Range
No. Business Passengers NPB - | pax Payload-Range
No. First Passengers NPF 12 | pax Payload-Range
No. Flight Crew NFLCR 2
No. Flight Attendants NGALC 3 14 CFR 121.391
Cargo Weight - | n/a See Payload-Range Tab
Container Weights WCON 1,232 | lbs Nordisk UltraLite DPE Tare
Weight per passenger WPPASS 190 | Ibs/pax | FAA AC 120-27F
Baggage Weight BPP 30 | lbs/pax | FAA AC 120-27F
Design Payload Weight PAYLOD 33,000 | lbs Payload-Range
Design Range DESRNG 3,420 | nmi Payload-Range
Design Fuel Load 41,085 | lbs Calculated
Taxi Out Fuel Weight 882 | lbs Derived (GW - MTOW)
Fuselage Fuel Capacity FULFMX - | lbs
Wing Fuel Capacity FULWMX | 41,085.0 | 1lbs
Wing Loading WSR 130.5294 | psf Derived (RAMPWT /Wing Area)
Thrust to Weight Ratio TWR 0.309357 Derived (Thrust/RAMPWT)
Sea Level Static Thrust THRSO 27,076.1 | lbs Engine Deck
No. Wing Mounted Engines NEW 2
No. Fuselage Mounted Engines | NEF -
Maximum Mach Number VMMO 0.82
Cruise Mach Number VCMN 0.78 Payload-Range Diagram
Maximum Cruise Altitude CH 41,000 | ft TCDS A2NM Max. Operating Alt.
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Table 2: A320neo Wing Geometry

Specification Value Units
Root Chord Length | 23.340 ft
Root Thickness 4.300 ft
Break Chord Length | 12.330 ft
Break BL 20.890 ft
Break Thickness 1.510 ft
Tip Chord Length 4.400 ft
Tip BL 56.070 ft
Tip Thickness 0.590 ft
Dihedral Angle 6 deg
APEX. FS 38.770 ft
L.E. Sweep 28 deg

Table 3: A320neo Control Surfaces Geometry

Specification Value  Units
LE Slat 1 Area 16.716 | sq ft
LE Slat 2 Area 51.481 | sq ft
TE FLAP 1 Area | 25.595 | sq ft
TE FLAP 2 Area | 25.503 | sq ft
Spoiler 1 Area 27.720 | sq ft
Spoiler 2 Area 45.420 | sq ft
Aileron Area 15.896 | sq ft

Table 4: Fuselage Geometry

Specification Value  Units
Width 13.040 ft
Height 13.670 ft
Length 124.440 ft
Nose Tip, FS
Nose Tip, WL 10.850 ft
Length of Passenger Compartment | 92.960 ft

Table 5: A320neo Gear Geometry

Specification Value Units
Nose Gear Length | 4.930 ft
Main Gear Length | 7.44 ft

Table 6: Nacelle Geometry

Specification

Value  Units

Nacelle diameter at inlet
Nacelle diameter at maximum
Nacelle diameter at bypass exit
Nacelle Length

6.914
8.641
6.491
11.980

ft
ft
ft
ft
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Table 7: Horizontal Tail Geometry

Specification Measurement  Units

Root Chord 12.31 | ft.
Tip Chord 3.97 | ft.
TOC @Root 0.10 | -
TOC @Tip 0.11 | -
Span 40.16 | ft.
L.E. Sweep 32.00 | deg.
c/4 Sweep 27.52 | deg.
AR 4.93 | -
TR 0.323 | -

S 326.90 | ft?
Dihedral 6 | deg

Table 8: Wing Spanwise Geometry Definition

Specification Measurement
Break point location (% of semispan) | 0.000 0.373
Chord % of semispan (root, break, tip) 0.413985 | 0.218699 | 0.078043
Thickness to Chord Ratio (Root, Break, Tip) | 0.184233 | 0.122466 | 0.134091
Load Path Sweep (Root, Break, Tip) 19.01017 | 24.20486 | 24.20486

Table 9: Vertical Tail Geometry

Specification Measurement  Units

Root Chord 18.241 | ft.
Tip Chord 6.29 | ft.
TOC @Root 0.14 | -
TOC @Tip 0.11 | -
Span 20.00 | ft.
L.E. Sweep 40.00 | deg.
c/4 Sweep 34.59 | deg.
AR 1.63 | -
TR 0.345 | -

S 245.30 | ft2
Dihedral 0 | deg

Table 10: Propulsion System Geometric Data

Specification Value  Units
Fan Diameter 80.47 | in
Nacelle max diameter 95.9 | in.
Inlet Tip to fan face 41.24 | in.
Fan Length 14.95 | in.
Fan Exhaust Length 87.57 | in.
Engine Length 127.5 | in.
Engine Pod Length 166.2 | in.
Total Engine Weight 6300 | 1b
Inlet Weight 256.54 | b
Nacelle Weight 526.72 | 1b
Engine Pod Weight 7083.3 | b
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Table 11: Propulsion System Performance Data

Specification Value Units

Fuel Flowro 0.800416 | kg/s
Fuel Flowco 0.661263 | kg/s
Fuel Flowyp 0.232194 | kg/s
Fuel Flowrp 0.089743 | kg/s
Rated Thrust 27075.99 | Ibf
Thrustro 100% | 27075.99 | 1bf
Thrustco 85% 23014.59 | Ibf
Thrustap 30% 8122.80 | 1bf

Thrust;p 7% 1895.32 | Ibf

TSFCro 0.234622 | lbm/hr/lbf
TSFCco 0.228038 | Ibm,/hr/Ibf
TSFCap 0.226873 | Ibm,/hr/Ibt
TSFCip 0.375798 | Ibm/hr/Ibt
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