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TECHNICAL MEMORANDUM X-281

FLIGHT TESTS OF A TWIN-DUCT INDUCTION SYSTEM FOR

A MACH NUMBER RANGE OF 0.78 TO 2.07*
By Jack Nugent and Bruce G. Powers

SUMMARY

Flight tests of a twin-duct induction system over a Mach number
range from about 0.78 to about 2.07 during quasi-steady operation indi-
cated that in the Mach number range from about 1.05 to about 1.55 the

40,000-foot data exhibited about a lén-percent higher total-pressure

recovery than did the 26,000-foot data. This result was obtained for
very similar subcritical shock-wave configuration and identical bypass
configuration at trim angle of attack. The 26,000-foot data showed sig-
nificantly lower distortion, however. A total-pressure recovery of
about 95 percent and a distortion parameter of about 15 percent were
noted for the 40,000-foot data at a Mach number of 1.55. The 40,000-foot
data and 55,000-foot data showed essentially the same recovery for very
similar shock-wave configuration and an increased bypass configuration
at trim angle of attack. A value of about 81 percent was noted for a
Mach number of 2.05 for both sets of data. A distortion of 33 percent
was obtained for the 55,000-foot data at a Mach number of about 1.24
during supercritical operation.

At a Mach number of 1.7, area-weighted pressure recovery decreased
from about 91 percent to about 88 percent as angle of attack increased
from 3© to 79, whereas the distortion parameter decreased from 19 per-
cent to 15 percent as angle of attack increased above 2°. Angle of
attack produced only slight effects at lower Mach numbers. Local total-
pressure recovery exhibited symmetry about the vertical center line of
the engine face for all data. Highest total-pressure recovery was
obtained at the 3 o'clock and 9 o'clock rake positions, with lowest
recovery obtained at the bottom of the duct during level flight. For
the same Mach number all test data showed essentially the same cone-
pressure profiles. Shock-boundary-layer interaction along the cone sur-
face occurred for the 40,000-foot data and the 55,000-foot data for Mach
numbers of 1.5 and greater. This result affected the cone-surface pres-
sure distribution. During ground-run operation, a recovery of about
88 percent and a distortion parameter of 10 percent were obtained for
maximum engine demand.

*Title, Unclassified.
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INTRODUCTION

As the speeds of Jet aircraft increase in the supersonic region
between a Mach number of about 1.5 and 2.0, the simple normal-shock
inlet is replaced by inlets using supersonic compression. Both two-
dimensional and three-dimensional systems are in use, with provision
for variable geometry in some cases. In addition, variable-area duct
bypass systems may be employed for engine-inlet matching over this Mach
number range. The use of variasble geometry in an induction system
requires auxiliary mechanism which adds weight, consumes space, and
increases the complexity of the airplane. These penalties must be
welghed against the increased aerodynamic efficiency afforded by the
variable geometry. Consequently, there are different degrees of vari-
able geometry in the induction systems of present-day airplanes corre-
sponding to the several solutions of the induction-system-design problem.
Basically, any induction system should yield high performance and operate
compatibly with the engine over the flight environment. It is of inter-
est, therefore, to examine the induction system of a current alrplane
as an aid for future designs.

Tests were made at the NASA Flight Research Center at Edwards,
Calif., on a supersonic fighter airplane with twin half-conical fuselage
side inlets. The inlets are of fixed geometry designed for a Mach num-
ber of 2.0; however, a three-position bypass system is employed. This
system 1s simple compared to other solutions of the induction-system-
design problem. During the initial flight-testing program, twin-duct
instability and consequent nonsteady flow were encountered at a Mach
number near 1.9 (ref. 1). The present tests were made under conditions
of quasi-steady flow. Both test series were performed with a larger
bypass area than is recommended by the manufacturer for the production
version of this alrplane. Data were obtained over a Mach number range
from 0.78 to 2.07 and at altitudes ranging from 26,000 to 55,000 feet.
Ground-run data were also obtained.

SYMBOIS

A area, sq ft
A. capture area, both inlets, 763 sq in.
Age diffuser-exit area, 830 sq in.
Ath throat area, both inlets, 543 sq in.

o P
D distortion parameter, max min

Hae
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area-weighted diffuser-exit total pressure, lb/sq ft
area-weighted total-pressure recovery

local total pressure, 1b/sq ft

free-stream total pressure, lb/sq ft

local total-pressure-recovery factor

free-stream Mach number

Mach number in inlet plane

Mach number in front of inlet cone

(Wde \fe—XHde>
B Ho . (ref. 2)
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ratio of actual air flow to choking air flow at inlet throat,

wde
(0.552)H0Ath

T

engine corrected speed, rpm

static-pressure orifices along cone
free-stream static pressure, lb/sq ft
static-pressure ratio

Reynolds number, based on free-stream conditions and
of a circle equal to capture area
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59,50 fuselage static-pressure orifices ahead of inlet
T total temperature (assumed equal to free-stream total
temperature), °R
t time, sec
Wae diffuser-exit air flow, 1lb/sec
wde%; . .
5 diffuser-exit corrected air flow, lb/sec
a airplane angle of attack, deg
V4 ratio of specific heats
fg effective conical-compression semiangle, deg
Subscripts:
max maximum
min minimum

Unless otherwise specified, the term "Mach number" refers to free-stream
Mach number.

ATRPIANE AND PROPULSION SYSTEM

The test airplane is a fighter type with a maximum speed capability
of a Mach number of about 2.0. Figure 1 is a photograph of the airplane,
and figure 2 is a three-view drawing. Physical details are given in
table I.

A schematic drawing of the internal-flow system is shown in fig-
ure 3. Supersonic compression is achieved in each inlet by a conical
shock generated by a 25° semiangle half cone. The conical shock falls
slightly shead of the cowl lip at a Mach number of 2.0. The half cone
ig undercut from the apex to the inboard cowl section of the inlet for
fuselage boundary-layer control (fig. 4(a)). Figure 4(b) shows the
duct-area distribution. Photographs of the diffuser entry and exit
are presented in figures 5(a) and 5(b), respectively. Cone-surface
boundary layer is controlled at each inlet throat by means of a flush
slot (fig. 5(a)) and is discharged through a sonic exit beneath the

CONFIDENTTIAL
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fuselage. The two ducts remain separated approximately to the engine
face, as shown in figure 5(b). Also shown in figure 5(b) are the
variable-position bypass doors which regulate the air flow for operation
of the ejector nozzle and inlet mass-flow control; all of the bypass air
was used 1n the ejector nozzle.

The engine is of the axial-flow type with a 17-stage compressor.
The first six rows of the stator vanes and the inlet-guide vanes are
varied as a function of corrected engine speed for surge suppression at
part-speed operation. The full-open position is attained over about
92-percent power setting. For these tests the inlet guide vanes remained
essentially at the full-open position. The exhaust nozzle is a variable-
ejector type infinitely variable between minimum and maximum settings.
The engine speed is held constant at the rated value of 7,460 rpm for
the military setting and for the several afterburner throttle settings.
The engine used for the present investigation, as well as production
engines, has an automatic device to maintain minimum speed at or above
7,460 rpm for any throttle position. The device functions only for Mach
numbers above about 1.86 and aids in surge suppression.

To relieve the main inlets of some of the engine and ejector air
requirements during take-off and low-speed operation, automatic aspira-
tor or "suck in" doors are utilized. The doors, located in the fuse-
lage near the engine compartment, are arranged to open inward to admit
outside air whenever engine-compartment pressure is less than ambient

pressure (fig. 6).

INSTRUMENTATION

Measurements of induction-system pressures were obtained at the
engine compressor face, the left-inlet cone, and the left side of the
fuselage immediately upstream of the cone. Figure 7 is a photograph
of the rake installation used to measure the total and static pressure
of the air entering the engine. The rakes were installed radially at
60° intervals, and the total-pressure tubes were placed in the center
of equal-area annular sectors. Static pressures were measured on the
surface of the center accessory housing at the locations of the
3 o'clock and 9 o'clock rakes. Total and static pressures were measured
also for the bypass air. The pressures on the left inlet cone, static-
pressure orifices 037 to 05, and on the fuselage, static-pressure

orifices S; and Sy, are detailed in figure 8. Most of the pressures

were recorded on standard NASA 12-cell pressure recorders. Several of
the engine-face total pressures were sensed by temperature-compensated
pressure transducers and were recorded on an oscillograph. ZEngine speed
was also measured.

A standard NASA airspeed tube measured free-stream total and static
pressure from a boom mounted on the airplane nose. Angle of attack and
sideslip were also measured by vanes mounted on the boom. Free-stream
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total temperature was measured by a shielded resistance-type probe
mounted on the fuselage. Mach number was calibrated by the photo-
theodolite method.

All instruments were synchronized by a common timer.
ACCURACY

Mach number is accurate to within +*0.02 transonically and +0.01
for the higher supersonic speeds. Angle of attack was corrected for
inertial boom bending and airplane pitching velocity and is accurate to
within #0.5°. The values of area-weighted total-pressure recovery
Hde/Ho show repeatability to within 1 percent and the values of distor-

tion parameter D show repeatability to within l%-percent for comparable

flight conditions.

The corrected airflow was obtained from the engine manu-

Wde\/é
o]
facturer's air-flow curves (ref. 3) which were suitably modified for the

airplane bypass areas used. This parameter was checked on the ground
and was found to be accurate to within 1 percent for the higher cor-
rected engine speeds. Diffuser-exit area-weighted total-pressure recov-
ery Hde/Ho was obtained by using an arithmetic average of the area-

spaced compressor-face probes and bypass-area total-pressure readings.
The parameter is essentially an area-weighted value despite the inclu-
sion of the latter readings.

DATA ANALYSIS

The data of reference 4 show that the local flow entering the inlet
differs from the free stream in both Mach number and direction. In addi-
tion, the flow is nonuniform across the inlet. For analysis purposes
a local Mach number Ml was calculated by using free-stream total pres-

sure and the static pressure indicated by orifice S, (fig. 8). Pre-

liminary flight analysis and schlieren photographs (ref. 5) indicate
sufficient boundary-layer flow over the apex of the cone to affect the
conical-compression angle for an attached conical shock. Again, for
analysis purposes, an effective conical angle was determined from plots
similar to those of figure 9. By using the local Mach number and the
charts of reference 6, conical-compression ratios were calculated for
several cone angles near 25° and plotted against time for a given run.

CONF IDENTIAL
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The pressure ratio O,/P, was also plotted in figure 9. The effective
/%0

cone for a given time was assumed to cccur at the intersection of the
observed and calculated curves. The effective cone angle varied with
flight conditions and was generally less than 25°.

After determining the local Mach number, it was possible to calcu-
late pressure recovery for a given shock system. The nature of the
shock system was inferred from the cone pressures. For a normal-shock
system, normal-shock charts were used (ref. 6). For an attached conical
shock during subcritical flow a two-shock recovery was calculated by
using the approximate method given in reference 7. Inlet Mach number M;

was determined from the calculated total-pressure recovery through the
shock system and the reading of orifice O0). For subsonic Mach numbers,

free-stream total pressure Hy was us=d to calculate M;j.
TEST3

Acceleration maneuvers were made with the test airplane from sub-
sonic Mach numbers to terminal Mach numnbers at altitudes of about
26,000 feet and about 40,000 feet in maximum afterburning power. A
deceleration from a Mach number of 2.07 to a Mach number of about 1.2
was made at an altitude of about 55,000 feet. In addition, push-down-
turn maneuvers were obtained through tie Mach number range at an alti-
tude of about 40,000 feet. Below a Mach number- of about 1.5 the bypass
area was normally kept at a nominal value of 4l square inches. Above
& Mach number of about 1.5 the bypass area was increased manually by
the pilot to a nominal value of 91 squiare inches for the speed run made
at an altitude of 40,000 feet. This bypass area was also used for the
entire deceleration run. In the production version of this airplane the
bypass area is kept at 4l square inches for all flight speeds. Super-
critical inlet flow is never obtained. At a bypass area of 91 square
inches in the present tests, supercritical inlet flow was obtained in
some intervals. The data were obtained under quasi-steady conditions
with no evidence of the large asymmetric twin-duct flows obtained in
the investigation of reference 1. The Mach number of the tests ranged
from 0.78 to 2.07, and the altitude ranged from 26,000 to 55,000 feet.

The test range of Reynolds number R extended from 3.1 x lO6 to about

15.6 X 106. Sideslip angle was neglig:.ble for these tests. Static
data were obtained from a ground run.

TEST RESULTS

Figures 10 and 11 present time histories of the accelerations at
altitudes of 26,000 feet and 40,000 fect, respectively. Presented are

CONFIDENTIAL
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the several induction-system, engine, and airplane parameters. As
indicated in figure 10(a) the throttle was actuated at t = 10 seconds
and held at the maximum setting until t = 235 seconds. Free-stream
and local Mach number increased from t =0 to t = 235 seconds when
the throttle was reduced. Upon throttle advance, inlet Mach number
shows an increase above M = 0.8, with sonic speed reached at

t = 43 seconds. A steady decrease is indicated beyond t = 55 seconds
until t = 235 seconds when the throttle was reduced. Distortion D
(fig. 10(b)) remains essentially steady for a fixed throttle position,
whereas area-weighted pressure recovery approaches the calculated values
with decrease in inlet Mach number. Cone pressures O3/PO, Oh/PO: and

05/PO show steady increase with increase in Mach number. The large
pressure increment noted between OE/PO and Oﬁ/PO near the latter

part of the run indicates the terminal normal shock to be hetween ori-
fice O, and 05.

The data of figures 11(a) and (b) show essentially the same trends
as the data of figure 10 up to about t = 195 seconds. At this point
the pilot opened the bypass doors, with resulting large changes in the
induction-system parameters. Area-welghted total-pressure recovery
(fig. 11(b)) decreased about 5 percent and distortion increased about
6 percent. Supercritical inlet operation was obtained from
t = 195 seconds to t = 220 seconds, as indicated by the cone pressures.
The longitudinal acceleration of the airplane showed a decrease of
0.022g when the bypass area was increased, which indicates a loss in
net propulsive effort of 345 pounds for the airplane weight of
15,710 pounds. The pilot reported no adverse engine operation as a
result of the rapid changes. After t = 220 seconds the pressure
recovery decreases because of the strengthening of the shock system,
whereas distortion parameter remains essentially constant after
t = 240 seconds.

A time history of the deceleration run is presented in figures 12(a)
and (b). The throttle position was kept at a constant value; decelera-
tion was obtained by extending the fuselage dive brakes. Bypass area
was kept at the increased setting throughout the deceleration to provide
supercritical operation. Area-weighted pressure recovery and distortion
(fig. 12(a)) are sensitive to changes in the supersonic compression
field. At t = 80 seconds supercritical operation begins, as indicated
by the cone pressures, and distortion parameter shows a large increase.

Figures 13(a) and (b) present the time history of a push-down-turn
maneuver performed at a Mach number of 1.7 and an altitude of
40,000 feet. The changes in Mach number are small enough so that angle
of attack is the primary variable. Variations are indicated for cone
pressures, distortion parameter, pressure recovery, and effective
conical-compression angle.

CONFIDENTIAL
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Figure 1k presents data obtained during a ground run. Area-weighted
total-pressure recovery and distortion parameter are plotted against
m/m*. During the test, auxiliary air was provided to the engine com-
partment through the aspirator doors. Area-weighted total-pressure
recovery shows the characteristic decrease of a sharp-lip inlet as m/m*
increases (ref. 8) and reaches a value of 88 percent, with a distortion
parameter of about 10 percent at meximum engine demand.

DISCUSSION

Angle-of-Attack Effects

The distortion and total-pressure-recovery data of figure 13(a)
and additional similar data are plotted in figure 15(a) as a function
of angle of attack. The data were selected to include all the shock
configurations encountered during the investigation. Also plotted are
the local total-pressure recoveries obtained near the middle of the
rekes of the left-hand-compressor face. The area-weighted total-
pressure recovery increases only slightly as angle of attack is increased
from the lowest test limits for Mach numbers of 0.95, 1.1h4, and 1.35.
Peak recovery is reached at angles of attack of from 6° to 7°. The data
for a Mach number of 1.70 show larger effects. Thus, recovery decreased
from about 91 percent to about 88 percent as angle of attack increased
from 3° to 7°. Distortion parameter is unaffected by angle of attack
at Mach numbers of 1.1k and 1.35. Only a slight increase is apparent
for a Mach number of 0.95 as angle of attack is increased above 4°. For
a Mach number of 1.70 distortion shows a sharp decrease from about
19 percent to about 15 percent as angle of attack increased above 2°.

Local total-pressure recovery HZ/HO of the left-hand-compressor
/

face shows significant changes as angle of attack is increased

(fig. 15(a)). For Mach numbers of 0.95, 1.14%, and 1.35 the rake at the
3 o'clock position is relatively unaffected by angle of attack. The

1 o'clock rake shows an increase in recovery, whereas the 5 o'clock
rake shows a decrease as angle of attack is increased. For a Mach num-
ber of 1.70 these trends are considerably altered. The 3 o'clock rake
shows considerable angle-of-attack sensitivity, as indicated by the
sharp decrease above an angle of attack of 2°. The 5 o'clock rake is
unaffected by angle-of-attack variations and remains at a low recovery.
The 1 o'clock rake recovery increases as indicated for the lower Mach

numbers.

The variation of the effective conical-compression angle with angle
of attack is presented in figure 15(b) for the data at M = 1.70. The

CONFIDENTTAL
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effective conical-compression angle decreases from about 259 to 22° as
angle of attack increases above 1°.

Mach Number, Altitude, and Bypass Effects

The data of figures 10 to 12 are compared in figure 16 plotted as
a function of Mach number; also included is the effective conical-
compression angle for the 26,000-foot and 40,000-foot data. Trim angle-
of-attack changes are noted for the several altitudes. These changes
are considered to be minor compared to the Mach number, altitude, and
bypass effects. A comparison of these data for identical bypass posi-
tions at trim angle of attack shows a slightly higher area-weighted
total-pressure recovery Hde/Ho for the 26,000-foot data up to sonic

Mach number than for the 40,000-foot data. Distortion parameter D is
lower than for the 40,000-foot data. The 26,000-foot pressure recovery
drops sharply near sonic speed, whereas the 40,000-foot data show only
a slight loss. Pressure recovery for the 40,000-foot data is about

l% percent higher than for the 26,000-foot data up to a Mach number of
about 1.55 where the bypass configuration is changed. Distortion param-
eter decreases at about the same rate for both sets of data beyond a

Mach number of about 1.2. The data at 26,000 feet showed about 2% per-

cent less distortion for this Mach number region, and the effective cone
angle reached a maximum for both sets of data for the Mach number range
from about 1.45 to about 1.6. A pressure recovery of about 95 percent
and a distortion of 15 percent were noted for the M0,000-foot data at

a Mach number of about 1.55.

For the Mach number range from 1.55 to 1.65 and from 1.90 to 2.05
at trim angle of attack the L40,000-foot and 55,000-foot pressure-
recovery data are essentially the same. A value of about 81 percent
was noted for a Mach number of 2.05 for both sets of data. Good agree-
ment is shown with the data of reference 9. The cone pressures indicate
very similar terminal-shock-wave configurations (figs. 11(b) and 12(b))
for these Mach number ranges. A distortion parameter of 33 percent was
obtained for the 55,000-foot data at a Mach number of approximately 1.24
during supercritical operation. For the Mach number range from 1.90
to 1.65 the normal shock is further downstream for the 55,000-foot data
than for the 40,000-foot data (figs. 11(b) and 12(b)), with the conse-
quent decrease in recovery and increase in distortion shown.

In figure 17 the local total-pressure recovery of the left-hand-
compressor face is plotted as a function of Mach number. In fig-
ure 17(a) the 26,000-foot data indicate higher recovery for the 5 o'clock
rake position than is shown by the 40,000-foot data for subsonic Mach

CONFIDENTIAL
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numbers. The 3 o'clock rake shows the same recovery and the 1 o'clock
data show slightly lower recovery for this speed range. At sonic speed
a much larger decrement in pressure recovery is shown for the
26,000-foot data than for the 40,000-foot data. From sonic speed to
the test limits, only a slight change is noted for the 3 o'clock rake
recovery, whereas the 5 o'clock rake recovery shows a steady increase.
The recovery for the 3 o'clock rake at 40,000 feet is higher than the
calculated recovery through the inferred shock system above M = 1.1.
This result indicates shock~boundary-layer interaction in the form of a
lambda shock and agrees with the data of reference 4. The 1 o'clock
rake recovery shows the largest sensitivity to Mach number. The down-
ward trend shown for subsonic speeds is reversed at about M = 1.10. A
steady increase is then noted until the Mach number for shock attachment
(M =1.35 to 1.40) is reached. A large increase in pressure recovery
occurs at this point as a result of the higher compression efficiency
of the conical shock. At about M = 1.5 the terminal normal shock

is formed and reduces the slope of the recovery curve for both the
26,000~-foot and 40,000-foot data.

A comparison of the L40,000-foot and 55,000-foot data shows good
agreement for the 1 o'clock and 3 o'clock rakes for the Mach number range
from 1.90 to 2.05 (fig. 17(b)). Good agreement is also noted for the
5 o'clock reke at Mach numbers in excess of 2.0 and for the 3 o'clock
rake at Mach numbers from 1.6 to 1.7. These regions correspond to very
similar shock-wave configurations for the two altitudes (figs. 11(b)
and 12(b)). Both sets of data show marked changes in local recovery
due to the shock-system changes. Thus, the changes in local recovery
for the Mach number range from M = 1.6 to M = 1.8 are a result of
the terminal-shock movement (figs. 11(b) and 12(b)). The effect of
conical-shock attachment is indicated at about M = 1.4 for the
55,000-foot data at the three rake positions.

Figure 18 presents plots of local total-pressure recovery for the
entire compressor face at 26,000 feet for no-shock M = 0.90), single
normal-shock (M = 1.17), and two-shock compression (M = 1.58). The
plot for M = 0.90 indicates symmetry about a horizontal and vertical
center line, with the highest recovery obtained at the 3 o'clock and
9 o'clock positions. The foregoing distortion remains essentially
unchanged for M = 1.17. For M = 1.58 with an attached conical system,
however, only vertical center-line symmetry is present. Highest recovery
is obtained at the 3 o'clock and 9 o'clock positions, with lowest recov-
ery at the bottom of the duct. ILocal recovery exhibited symmetry about
the vertical center line of the engine face for all data presented in
this paper.

In figure 19 cone-pressure profiles are presented for several Mach
numbers and both bypass positions. For the same Mach number all test
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data showed essentially the same cone-pressure profiles. With the
smaller bypass area (fig. 19(a)) plots are presented for no-shock

(M = 0.9), single normal-shock (M = 1.2), and two-shock compression
(M = 1.5). Shock formation is indicated for M =1.2 and M = 1.5
between orifices S, and 0. For M =0.9 and M = 1.2, expansion

along the cone is evident from orifices O2 to 05 for both sets of

data; a slightly greater amount is noted for the 40,000-foot data at
M = 1.2. Terminal-shock formation between orifices O, and 03 is

indicated for the data at M = 1.5. Shock-boundary-layer interaction
is indicated for the 40,000-foot data because of the smaller pressure
increment between orifices Op and Oz. The advantage of the boundary-

layer-removal slot is apparent from the pressure increment noted between
orifices Oy and Os.

For the larger bypass area (fig. 19(b)) all data show two-shock
compression. For M = 1.6 the terminal shock is between orifices Oh

and O5 and for M = 1.8 is between orifices 03 and Oy. For
M = 2.0 the terminal-shock system appears to affect both orifice 05
and Oh. This result indicates a lambda shock due to shock-boundary-

layer interaction. Additional shock-boundary-layer effects are indi-
cated for the data at M = 1.6 and M = 1.8. Thus, the pressure-profile
curves deviate downstream of the shock location. The effect of the
boundary-layer-removal slot on the compression process between Oy

and 05 is again evident.

CONCLUSIONS

Flight tests of a twin-duct induction system over a Mach number
range from about 0.78 to about 2.07 during quasi-steady operation indi-
cated the following conclusions:

1. Over the Mach number range from about 1.05 to about 1.55 the
40,000-foot data exhibited about a l% percent higher recovery than 4did
the 26,000-foot data for very similar subcritical shock-wave configura-
tion and identical bypass configuration at trim angle of attack. The
26,000-foot data showed significantly lower distortion, however. A
pressure recovery of about 95 percent and a distortion parameter of
15 percent were noted for the 40,000-foot data at a Mach nunber of
about 1.55.
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2. The 40,000-foot data and 55,000-foot data showed essentially the
same recovery for very similar shock-wave configuration and the increased
bypass configuration at trim angle of attack. A value of about 81 per-
cent was noted for a Mach number of 2.05 for both sets of data. A dis-
tortion parameter of 33 percent was obtained for the 55,000-foot data
at a Mach number of approximately 1.24 during supercritical operation.

3. At a Mach number of 1.70, area-weighted pressure recovery
decreased from about 91 percent to about 88 percent as angle of attack
increased from 3° to 7°, whereas the distortion parameter decreased
from 19 percent to 15 percent as angle of attack increased above 20,
Angle of attack produced only slight effects at lower Mach numbers.

. Local recovery exhibited symmetry about the vertical center line
of the engine face for all data. Highest recovery was obtained at the
3 o'clock and 9 o'clock rake positions, with lowest recovery obtained
at the bottom of the duct during level flight.

5. For the same Mach number all test data showed essentially the
same cone-pressure profiles. Shock-boundary-layer interaction along
the cone surface occurred for the 40,000-foot data and the 55,000-foot
data for Mach numbers of 1.5 and greater. Thils result affected the

_cone-surface pressure distribution.

6. During ground-run operation, & recovery of about 88 percent and
a distortion parameter of about 10 percent were obtained for maximum
engine demand.

Flight Research Center,
National Aeronautics and Space Administration,
Edwards, Calif., February 5, 1960.
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TABLE I.- GEOMETRIC CHARACTERISTICS OF THE AIRPLANE

Wing:
Airfoil section . . . . . « « + « + + ¢« « « « « « + Modified biconvex
Area, SQ FL « v ¢ v v 4 4 e e e e e e e e e e e e e e e e e . 1961
Span, ft . . . . = e
Mean aerodynamic chord ft e e e e e e e e e e e e e e e e s 9.55
Root chord, £t . « v « v v v & v v v v v e e e e e e e e . 12.98
Tip chord, £t . « « & v v v v v v v e e e e e e e e e e e e e 4.89
Aspect ratio . ¢ ¢ . L i e e e e e e e e e e e e e e e e e e 2.45
Taper ratio . . . O O IS, ¥ (e
Sweep at 25-percent chord deg e e e e e e e e e e e e e s 18.1
Sweep at the leading edge, deg B T 27.3
Incidence, deg . . . . . e e e e e e e e e e e e e e s 0]
Dihedral, deg . . . 2 [ N )
Airfoil thickness ratlo A o B 0} 55 =
Leading-edge flaps (per 51de) -
Area, sq ft . . . . T s 195 1o
Mean chord, ft . . . . « « ¢ ¢« ¢ v « ¢ v ¢ v o v o . . . .. 1.012
Deflection limit, deg . . . . . « v v ¢ ¢ ¢ o o o000 e . . =30
Type . et 4 e e« 4 e e e e e s a4 s s e s .+ Plain
Tralling-edge flaps (per side) -
Area, sq ft . . . « . ¢« o o o 0 d 00w e e e e e e e e e e 11L55
Mean chord, ft . . . . « ¢ ¢ v ¢ ¢« o 0 0t e e e e e e e e 2.52
Deflection limit, deg e e e e e e e e e e e e e e e e e e 45
Type . . s 4 4 s s 4 s 4 + s s e e 4 s s« s+ « « .+ Plain
Ailerons (per side) -
Area, 5@ Ft + v ¢ v v v v e e e e e e e e e e e e e e e k.73
Mean chord, Tt + v v & v v 4 4 4 4 e e e e e e e e e e e . 1716
SPAN, FL v v v e e e e e e e e e e e e e e e e e e e e 2.5
Deflection, deg . . « v « ¢ v o v v ¢ e v« s e e e e . .. 15

Tail:
Horizontalk tail -
Airfoil section «. « &« ¢ ¢« « =« ¢ « v « « + « o + « Modified biconvex
Area, sq ft . . . . O 1 =
Mean aerodynamic chord ft P e 8 )
Span, ft v« v 4 v e e e e e e e e e e e e e e e e e eowo. 11092
Root chord, ft « v v v & o o v v v e e e e e e e e e e e . 6416
Tip Chord, Ft v v v v « o v o o e v e e e e e e e e e e e . 1917
Aspect ratio . . « . . 0 o o 0 0 0 o e w e h e e e e e e 2.9

Taper ratio . . . e O e A
Root thickness ratlo N 0 JY 0 80
Tip thickness ratio . . . . . . . . . 0.0261

Tail length, 25-percent wing mean aerodynamlc chord to

25-percent horizontal-tail mean aerodynamic chord, ft . . . 18.72
Sweep at 25-percent mean aerodynamic chord, deg . ... . . . . 10.12
Deflection limits, deg . .« « « « « ¢ ¢ ¢ « « ¢ o o o . . 5 to =17
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TABIE I.- GEOMETRIC CHARACTERISTICS OF THE AIRPIANE - Concluded

Vertical tail - .
Airfoil section . . . . . + « « « ¢« « « + « « . . Modified biconvex
Area, sq Tt . . « . o ¢ o0 o h e e e e e e e e e e 35.1
Span, ft . . . . . .. S L 1<)
Mean aerodynamic chord, ft Ot I fo
Aspect TEI0 v + v 4 4 4 4 e e e e e e e e e e e e e ... . 0.849

Taper ratio . . . . . . .. e e e e . .« . 0.371
Tail length, 25-percent w1ng mean aerodynamlc chord to

25-percent vertical-tail mean aerodynamic chord, ft . . . . 15.13
Sweep at 25-percent mean aerodynamic chord, deg . . . . . . . 35

Rudder -~

Area, sqQ Ft + ¢ v v v o v v e e e e e e e e e e e e e e e e 4.3
Span, ft . . . e e e e e e e e e e e e e e e e e e e e 2.92
Average chord, ft e I X

Deflection llmlt QEE v - v s e e e e e e e e e e e e e e e 25
Yaw damper -

Area, sq £t . . « ¢ . ¢ ¢ o 0 o0 e e e e e e e e e e e e 1

Span, Tt « ¢ ¢« v« v v e v e e e e e e e e e e e e e e e e 1

Average chord, ft . . . . « « ¢ « o ¢ 0 0 0 0 e e e e e e e 1

Deflection limit, deg . . . . - « « « « ¢ ¢ o v ¢ 4 o o . . +20

Fuselage:
Frontal area, sq ft . . « + « v ¢ v 4 v o v o v e e 0w e e 25
Length, Tt . « ¢« ¢ ¢« « v« v v e v o v v e e e e e e e e .. D12
Fineness ratio . . ¢ ¢ v« « v i i i e e e e e e e e e e e e 9.09

Dive brakes (per side):
Area (projected frontal area at maximum deflection), sq ft . . .13

Chord, ft . . . . e e e e e e e e e e e e e e e e e e e 2.50

Deflectlon limit, deg e e e e e e e e e e e e e e e e e e e 60
Weight:

Empty weight, 1b . . . e TS X

Total take-off weight, lb e e . . . . . . 18,233

Center-of-gravity location, percent mean aerodynamlc chord -
EMPLY + « o o o o o o o o« o o s+ e e e e e e e e e e e ... AT.BO
Take-offT & ¢ ¢ v ¢ &« v 4 e 4 4 e e e e e e e e e e e e e 5.25
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(a) Induction-system, engine, and airplane parameters.

Figure 10.- Time history of an acceleration at an altitude of 26,000 feet.
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(b) Pressure recovery, distortion, and cone pressures.

Figure 10.- Concluded.
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Figure ll.- Time history of an acceleration at an altitude
of 40,000 feet.
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(vb) Pressure recovery, distortion, and cone pressures.

Figure 11.- Concluded.
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Figure 12.- Time history of a deceleration at an altitude
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Figure 18.- Local total-pressure recovery.
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Figure 19.- Cone-pressure profile referenced to free-stream static
pressure.
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Figure 19.- Concluded.
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