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F'RESSURE MEASUREMENTS OBTAINED I N  FLIGRT AT TRANSONIC 

SPEEDS FOR A CONICALIY (2WBEFED DELTA WING* 

By E a r l  R .  Keener 

SUMMARY 

Pressure measurements were made i n  f l i g h t  over the conically cam- 
bered de l ta  wing of the Convair JF-102A airplane a t  Mach numbers up 
t o  1.19. 
ber of 0.70 t o  go a t  1.19. 

Maximum angles of attack tes ted  ranged from 24O a t  a Mach nm- 

Appreciably large suction pressures are real ized at the leading 
edge of the wing similar i n  magnitude t o  the high suction pressures 
experienced by thin,  plane, de l ta  wings. The cambered leading edge is  
ef fec t ive  i n  d is t r ibu t ing  the low pressures at  the leading edge over a 
greater  f ronta l  area, thus increasing the leading-edge thrus t .  The 
conical dis t r ibut ion of camber r e su l t s  i n  near -e l l ip t ic  span-load dis- 
t r ibu t ions  a t  the lower angles of attack; however, a more important 
e f f ec t  of conical camber (together with the wing fences and reflexed 
t i p s  incorporated by the JF-102A) is the delay t o  higher angles of 
a t tack  i n  the occurrence of flow separation that normally occurs on a 
plane de l ta  wing. A favorable effect  on the pressure drag may a l so  be 
a t t r ibu ted  t o  the delay i n  flow separation. 
fence probably contributes t o  the delay i n  flow separation a t  the t i p ,  
the pressures indicate tha t  the fence induces flow separation inboard 
of the fence s ta r t ing  n e a r  the leading edge at a-n-gles of =+,tack of 
about 8' and extending t o  the t r a i l i n g  edge as the angle of a t tack  
increases. 

Although the outboard wing 

A wide variation occurs i n  the span-load dis t r ibut ions from a near- 
e l l i p t i c  loading at the lower angles of a t tack t o  a near-triangular 
loading a t  the very high angles of a t tack  tes ted.  
t r ibut ions a re  similar t o  those of a plane wing, although the  delay i n  

I n  general, the dis- 

flow separation i n  the t i p  region results i n  s l i gh t ly  larger  

* 
Ti t le ,  Unclassified. 
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INTROWCTION 

Theoretically, a suction force i s  predicted along the leading edge 
of t h in  wings a t  subsonic speeds and a l so  a t  supersonic speeds if the 
leading edge i s  swept behind the Mach cone. Physical rea l iza t ion  of 
the suction force r e su l t s  i n  an appreciable reduction i n  drag due t o  
l i f t .  Pressure measurements on thin,  plane, de l t a  wings have shown t h a t  
a large reduction i n  pressure, approaching a vacuum, i s  real ized a t  the 
leading edge ( r e f .  1). However, drag measurements of such wings have 
shown t h a t  the reduced pressures do not produce the predicted suction 
force because of the small f ronta l  area over which the suction pressures 
a re  dis t r ibuted ( r e f .  2 ) .  

To dis t r ibute  the low leading-edge pressures over the m a x i m u m  possi- 
b le  f rontal  area, it w a s  suggested i n  reference 3 that the leading edge 
be cambered. A theore t ica l  study of leading-edge camber for  swept and 
de l ta  wings ( r e f .  4)  showed that ,  i n  addition t o  cambering the leading 
edge, the span-load dis t r ibut ion must approximate an e l l i p se  t o  minimize 
the induced drag due t o  l i f t .  A study of surface shapes tha t  r e s u l t  i n  
an e l l i p t i c  load dis t r ibut ion led  t o  the development of conical camber. 
The amount of camber depends on the design Mach number and design l i f t  
coefficient.  
f ied  tha t  conical camber results i n  an appreciable reduction of t o t a l  
drag a t  moderate angles of a t tack  ( r e f s .  4 and 5 ) .  

Wind-tunnel and f l i g h t  measurements of airplane drag veri-  

To study i n  d e t a i l  the e f fec ts  of conical camber on the pressure 
dis t r ibut ion and span-load d is t r ibu t ion  of de l t a  wings, pressure measure- 
ments were made i n  the wind tunnel and i n  f l ight.  Wind-tunnel pressure 
measurements are  available a t  Mach numbers up t o  1 . 9  i n  references 6 
t o  8. The f l i g h t  measurements a re  presented herein. 

The f l i gh t  investigation w a s  conducted a t  the NASA High-speed Fl ight  
Station at Edwards, Calif . ,  u t i l i z i n g  the 6.3-percent conically cambered 
de l t a  w i n g  of the Convair JF-102A airplane.  I n  addition t o  conical cam- 
ber,  the wing a l so  incorporates two fences, a reflexed t i p ,  and an elevon- 
control surface. This paper presents an analysis of the f l i g h t  measure- 
ments of w i n g  pressilres a t  Mach numbers up t o  1 .2 .  
i s  given to  the e f fec ts  of camber on the d is t r ibu t ion  of the leading- 
edge pressures and the effects  of the combination of camber, fences, 
and reflexed t i p  on the span-load d is t r ibu t ions .  
separation character is t ics ,  which a re  not predicted i n  the theoret ical  
development of conical camber, a re  discussed. Comparison i s  made with 
the f l ight  measurements of wing pressures reported i n  reference 1 for  
a plane w i n g .  Tabulated pressure coefficients and integrated aerodynamic 
coefficients for  a l l  data points a r e  available upon request from the 
National Aeronautics and Space Administration. 

Par t icular  emphasis 

I n  addition, the flow- 
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wing semispan 

wing-panel span, spanwise distance f r o m  first row of ori- 
fices (0.186b/2) to wing tip 

wing-panel bending-moment coef f icient about Ob’ /2, 

wing-panel pitching-moment coefficient about O.25?, 

c 2Y’ 1 
wing-panel normal-force coefficient, S, C n G d T  

P - P, 
surface-pressure coefficient, 9 

p2 - pu 
differential-pressure coefficient, 9 

pressure coefficient for a local Mach number of 1 

local wing chord of uncambered section, measured parallel 
to plane of symmetry 

mean aerodynamic chord of wing panel, 

average chord of w i n g  panel 

wing-section pitching-moment coefficient about 0.23c, 
n 1  
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Subscripts: 

L 

wing-section pitching-moment coefficient about line per- 
pendicular to longitudinal axis of airplane, passing 
thou& 0.25C, C, + 0*7021(l - g) Cn 

wing- sect ion normal- f orce coefficient , aCp d $ 

free-stream Mach number 

local static pressure 

free-stream dynamic pressure 

area of wing panel (outboard of Ob'/2) 

1 
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wing-section maximum thickness 

chordwise distance rearward of leading edge of local chord 

chordwise location of center of pressure of wing section, 

lOO(O.25 - :), percent c 

chordwise location of center of pressure of wing panel from 
I " \  - 

leading edge of c, 100 , percent E 

spanwise distance outboard of Ob'/2 

spanwise location of center of pressure of wing panel, - 

, percent b'/2 

local ordinate of wing section, measured normal to chord 
line of uncambered section 

measured airplane angle of attack 

elevon position 

left 
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DESCRIPTION OF AIRPLANE AND WING PANEL 
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A three-view drawing presenting the overall dimensions of the 
Convair JF-102A airplane is shown in figure 1. Photographs of the air- 
plane including several views of the wing showing the leading-edge cam- 
ber, fences, and reflexed tip are presented in figure 2. The physical 
characteristics of the airplane and wing panel are given in table I. 

A drawing of the wing, including cross-sectional views of the 
leading edge at each orifice station, is shown in figure 3. The delta 
wing has an aspect ratio of 2.08, a taper ratio of 0.023, and zero inci- 
dence, dihedral, and twist. The leading edge is swept back 60.lo, and 
the trailing edge is swept forward 5 O .  Wing fences, shown in figures 1 
to 3, are located at 0.223b1/2 and O.600bt/2. 
reflexed 6 O  behind the extended hinge line of the elevon (fig. 3) . The 
wing section is an NACA ooO4-65 airfoil modified by leading-edge camber, 
which is distributed conically over the outer 6.3 percent of the local 
semispan (fig. 3); the design lift coefficient at a Mach number of 1.0 
is 0.166. 
slightly over that for an NACA ooO4-65 airfoil and, as a result, the 
wing-section maximum-thickness ratios are slightly less than 4 percent. 
The wing-section coordinates are presented in table I1 for the static- 
pressure-orifice locations. 

The wing tips are 

In providing conical camber the local wing chord was extended 

The geometric characteristics of the elevon, used for longitudinal 
and lateral control, are included in table I and figure 3 .  
of the  3T-102A is indented according to area-rule considerations for a 
Mach number of 1.0. 

The fuselage 

INSI!RUMEXI"TAION AND ACCURACY 

Standard NASA instruments were used to record the wing-surface and 
differential pressures, indicated free-stream static and dynamic pres- 
sures, normal acceleration, angle of attack, angle of sideslip, elevon 
position, and rolling and pitching angular velocities and accelerations. 
The indicated free-stream static and dynamic pressures were obtained 
from an airspeed head mounted on a nose boom, and the static-pressure 
error was determined in flight. Angles of attack and sideslip were 
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measured by vanes mounted on the nose boom. 
at the elevon midspan. 

Elevon posit ion w a s  measured 
A l l  instruments were correlated by a common t i m e r .  d 

Flush-type static-pressure o r i f i ce s  in s t a l l ed  i n  the l e f t  wing were 
The o r i f i ce s  were connected arranged i n  seven streamwise rows ( f i g .  3). 

by tubing through the wing t o  mult icel l  mechanical manometers i n  the 
instrument compartment. 
rows 1, 3, 5 ,  and 7, and d i f f e ren t i a l  pressures between the lower and 
upper surfaces were measured a t  o r i f i ce  rows 2, 4, and 6. 

Surface pressures were measured a t  o r i f i ce  

Estimated maximum errors  of the pertinent recorded quant i t ies  and 
the resul t ing coefficients are:  

M . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  fO.02 
*7 p - p, or  p2 - pu, lb/sq f t  . . . . . . . . . . . . . . . . .  

. . . . . . . . . . . . . . . . . . . . . . . . . . .  6 % , d e g  f0.2 
c p . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  fO.02 

c n . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  kO.02 
c ~ . .  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  ko.006 

c N . .  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  k0.03 
c, . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  fO.O1 

TESTS 

The data presented were obtained from pushovers t o  angles of a t tack  
near zero followed by gradual turns t o  high angles of a t tack.  
cover the Mach number range from 0.7 t o  1.2 a t  an a l t i t ude  of 40,000 f e e t .  
Reynolds number fo r  these t e s t s  varied between 23 x 10 6 and 58 x 10 6 
based on the mean aerodynamic chord of the wing. 

The data 

DATA RFDUCTION 

Longitudinal control of the JT-102A airplane i s  obtained by means 
of elevons on the  wing; therefore, the character is t ics  of the wing a t  
zero elevon deflection could not be obtained throughout the l i f t  range. 
Consequently, data were selected from the t e s t s  a t  f l i g h t  conditions 
for  which the airplane was essent ia l ly  trimmed a t  each angle of a t tack 
(near-zero angular velocity and angular accelerat ion) .  Table I11 pre- 
sents the Mach number, angle of attack, and elevon deflection fo r  a l l  
selected data points.  For most data points presented, the pressure l ag  
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resu l t ing  from tube length was negligible because the data were obtained 
from gradual maneuvers. 
f o r  a f e w  of the low-lift  data points obtained f romthe  pushovers t o  
near-zero angle of attack; these points are indicated i n  tab le  111. 
corrections were determined by the method i n  reference 9 f o r  photographic 
instruments, and the corrections were checked i n  f l ight by comparing pres- 
sure measurements from abrupt and gradual maneuvers. The corrected data 
comprised 11 of the t o t a l  69 data points and compared favorably t o  the 
zero-lag data. 

Some lag  corrections were necessary, however, 

Lag 

Automatic d i g i t a l  computing equipment was used t o  obtain pressure 
coeff ic ients  from the recorded data and t o  perform the chordwise and 
spanwise integrations necessary t o  obtain the normal-force and pitching- 
moment coefficients.  Wing-panel coefficients a re  based on the  geometric 
properties of the wing outboard of the first row of o r i f i ce s  (0.16&*/2). 

RESULTS 

The aerodynamic character is t ics  of the wing sections a re  presented 
i n  f igures  4 t o  6 i n  the form of curves of normal-force coefficients,  
pitching-moment coefficients,  and chordwise centers of pressure f o r  nomi- 
na l  Mach numbers of 0.70, 0.9, 1.02, and 1.19. Figure 7 presents aero- 
dynamic character is t ics  of the wing panel. These figures are presented 
a s  basic  data, and only the section normal-force character is t ics  axe 
discussed. 
surfaces of the wing a t  four spanwise s ta t ions  are presented i n  figure 8 
i n  oblique projection. 
the pressure coefficients for  a local Mach number of l.O(Cp,sonic) 
and the elevon deflection angle a r e  given. 
deflection may be noted i n  the pressure dis t r ibut ions by the abrupt 
changes i n  pressure at  the elevon junction. 
a r e  a l so  affected by the outboard fence, by the reflexed t i p ,  and, some- 
xhat, by the elevon-actuator fa i r ing  and the inboard fence ( f i g .  3 ) .  

Chordwise pressure dis t r ibut ions over the upper and lower 

I n  addition t o  Mach number and angle of a t tack,  

The e f fec t  of the elevon 

The pressure measurements 

Figure 9 is  presented t o  compare the thicknesswise pressure d i s t r i -  
bution fo r  an outboard section of  the cambered wing with that of a simi- 
lar wing section of the plane wing of reference 1. Two angles of a t tack 
a re  shown, 7' and 12O, which represent the moderate angle-of-attack 
range. 
is  d i rec t ly  proportional t o  the wing-section pressure drag. 
suction pressures over the forward p a r t  of the wing section represent a 
negative drag or suction force.  
over the forward par t ,  figure 9 a l s o  includes the pressure d is t r ibu t ion  
over the rearward par t  of the upper surface t o  show the favorable e f f ec t  
of camber on the pressure drag i n  this region. 

It may be noted that the area under the pressure distribution6 
Consequently, 

In  addition t o  the pressure d is t r ibu t ion  

The pressure coeff ic ients  
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are plotted as a fbnction of z/t instead of the usual z/c because 
the maximum thickness of the plane wing is 6.5-percent chord compared 
to bpercent chord for the cambered wing. Although the distributions 
are uncorrected for elevon deflections and some effect of the outboard 
fence is present, a qualitative comparison can still be made. For clar- 
ity, the leading-edge and trailing-edge locations are noted in the figure 

Figure 10 presents the thicknesswise pressure distributions over 
the forward part of the wing section to show in detail the effects of 
leading-edge camber on the leading-edge pressures. Distributions are 
shown at several angles of attack, and at each angle the pressures at 
four spanwise stations are superimposed. In this manner the effects of 
increasing amounts of camber can be seen more readily. 
tion 0.584b' /2 is located immediately inboard of the outboard fence 
(0.600bi/2), the leading-edge pressures include some of the effect of 
the fence. 

Since sta- 

Figure 11 shows a comparison of the wing-section normal-force coeffi- 
cient at three comparable stations for the cambered wing and for the plane 
wing of reference 1 at M = 0.70. The span-load distributions for the 
cambered wing are presented in figure 12. Included in the figure are 
the locations of the two wing fences, the end of the elevon, and the 4 

reflexed tip. Figwe 13 shows a comparison of the span-load distri- 
butions with an elliptic-load distribution (with minor axis at Ob'/2, 
which is approximately the wing-body junction). 
span-load distributions for the conically cambered and plane delta wings. 
In this figure the span-load distributions are uncorrected for elevon 
deflection for both the plane and the cambered wing, therefore the com- 
parison is qualitative only. 

Figure 14 compares the 

DISCUSSION 

.Effect of Camber on Leading-Edge Suction I 
Leading-edge pressures.- The chordwise pressure distributions of 

figure 8 show that appreciable suction pressures are physically realized 
at-the leading edge of the conically cambered wing of the JF-102A. The 
suction-pressure peaks at the leading edge are similar to those for the 
plane wing of the XF-92A (ref. 1). For M zz 1.02 and 1.19, which are 
beyond the range of the data for the plane wing, appreciable suction 
pressures also occur, although the minimum pressure is generally near 
the base of the leading-edge camber rather than at the leading edge as 
for the subsonic Mach numbers. 

Distribution of leading-edge pressures.- The favorable effect of 
leading-edge camber on the distribution of leading-edge pressures may 



be seen in figure 9 by comparing the cambered-wing distributions to the 
plane-wing distributions at similar wing stations and at moderate angles 
of attack. It is apparent that leading-edge camber distributes the suc- 
tion pressures at the leading edge over a greater relative frontal area, 
thus increasing the suction force over that of the uncambered section. 
For clarity, the increased suction force is represented by the shaded 
area between the pressure distributions over the forward part of the 
wing sections. 

Rom the thicknesswise distributions of figure 10 for the conically 
cambered wing, the favorable effects of camber are first apparent in the 
distributions at a = 6'. At a x 3 O  and below, the pressures over 
most of the cambered part are greater than ambient, since the angle of 
attack of the leading edge is negative to the free stream. At a, = 6' 
the suction pressures are well developed over the leading edge of all 
the stations except the root station, Ob'/2, which has no appreciable 
camber. 
riences the most favorable distribution of leading-edge pressures per 
unit chord. The tip-station distributions show that it is possible to 
distribute the suction pressures over a frontal projection more than 
twice the maximum thickness of the airfoil (4 percent for the 
JF-102A wing). At the high angles of attack obtained at M 0.70 
and 0 . 9  
sections is reduced as a result of flow separation associated with 
wing-section stall. 

The tip station, which has the greatest amount of camber, expe- 

the magnitude of the suction pressures at the outboard wing 

The favorable effects of leading-edge camber appear to continue to 
the supersonic speeds tested. At M = 1.02 and 1.19 the outboard suction- 
pressure coefficients at angles of attack between 6' and go (figs. lO(c) 
and (d)) are closer to a vacuum than for 
(fig. lO(a)) . However, it should be mentioned that the angle of attack 
for cruise of most aircraft is generally below 3 O  at supersonic Mach 
numbers where, for the JT-102A wing, the effects of camber axe not bene- 
ficial (figs. lO(c) and (d)). It was noted in reference 2 that benefits 
of both camber and twist on drag measurements diminish with increasing 

to the leading edge exceeded about 0.7. For the JF-102A airplane this 
is equivalent to a free-stream Mach number of 1.4, slightly higher than 
the range of the present investigation. 

M = 0.70 and a = 9.0' 

I.YLLII 16- qL iiider, becoming negiigibie when the Mach number component normal 

From the pressure distributions of figure 9 it would appear advan- 
tageous to camber the inboard sections of the wing also, even though the 
span-load distributions might not be elliptic. However, in this respect 
the results of reference 10 are of interest; drag reductions were 
obtained for swept wings by increasing the leading-edge radius. Essen- 
tially all the drag reduction was obtained by increasing the leading- 
edge radius at the outboard stations, which indicates that cambering 
the inboard leading edge would, similarly, have little effect on the 
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drag. 
to camber the inboard sections because leading-edge suction does not 
become appreciable at these sections until higher angles of attack are 
reached. A s  a'result, the leading-edge pressures at the inboard sections 
probably would be greater than ambient pressure at the moderate angles 
of attack at which leading-edge suction is desired; thus the drag would 
be increased. 

In fact, figures 8 and 10 show that it may even be detrimental 

Flow-Separation Characteristics 

Leading-edge-separation vortex.- For thin wings with low aspect 
ratios and highly swept leading edges, the flow over the leading edge 
characteristically rolls up into a vortex, referred to as the leading- 
edge-separation vortex. 
moves inboard along the leading edge with increasing angle of attack, 
trailing off the wing near the tip and predominating over the tip vor- 
tex. Flight data (ref. 1) showed the existence of the vortex at Mach 
numbers up to 0.93, and wind-tunnel results from references 6 and 11 
show a vortex at supersonic speeds for both plane and cambered wings 
with subsonic leading edges. 

The vortex originates near the wing tip and 

In figure 8 the trough in the pressure distributions near the 
leading edge indicates the presence of a leading-edge-separation vor- 
tex for the cambered wing. The effects, however, are not as prominent 
as for the plane wing. The presence of the vortex is expected, even 
with leading-edge camber and fences, since experiments have shown that 
the vortex has considerable strength. However, the camber and fences 
apparently resist the formation of the vortex and delay its effect to 
higher angles of attack. 

Wing-section stall.- The individual contributions of conical camber, 
fences, and reflexed tip cannot be determined from the data herein. 
combined effect on the wing-section-stall characteristics is best eval- 
uated by examining the section normal-force-coefficient curves of fig- 
ure 4 and the comparison of the section normal-force coefficients of the 
cambered wing and the plane wing in figure 11. 
lifting efficiency of the two outermost wing sections is readily apparent 
The comparatively high normal-force coefficients and angles of attack 
attained before the occurrence of section stall on the cambered wing 
are in contrast to the early l o s s  in lift at the tip sections reported 
for the plane wing in reference 1 and shown in figure 11. The stalling 
of the tip sections of the plane wing at low angles of attack is a con- 
sequence of the formation of the leading-edge-separation vortex. There- 
fore, an important effect of the combination of camber, fences, and 
reflexed tip is to delay early flow separation at the outboard sections 
to higher angles of attack (above 8O, fig. 4). 

The 

In figure 4 the high 
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The delay i n  flow separation a t  the outboard wing sections would 
be expected t o  have a favorable effect  on the pressure drag. 
cu l t  t o  show t h i s  quantitatively by using the plane- and cambered-wing 
data because of the wing fences and the differences i n  the elevon posi- 
t ion;  however, figure 9 shows an indication of t h i s  source of drag reduc- 
t i o n  a t  a = 12O. 
par t  of the plane and cambered wing sections shows a reduction i n  pres- 
sure drag fo r  the cambered section as a r e su l t  of the delay i n  flow 
separation. 

It is  d i f f i -  

The thicknesswise pressure d is t r ibu t ion  over the rear 

Effect  of outboard fence.- A noticeable e f fec t  of the outboard 
fence (0.600b1/2) on the wing sections Just  inboard of the fence may be 
noted i n  figure 4.  
normal-force-curve slope occurs a t  an angle of a t tack  of about 8 O  through- 
out the Mach number range tested.  
show a reduction i n  loading a t  the  leading edge between angles of a t tack  
of 8 O  and 10'. 
apparent t ha t  flow separation is occurring inboard of the fence extending 
eventually over the full chord, as indicated by the lack of pressure 
recovery a t  the trailing edge. The flow separation inboard of a wing 
fence has been shown t o  be a normal occurrence f o r  fences on swept and 
de l t a  wings (ref.  12) ; however, t h i s  undesirable e f f ec t  i s  usually cam- 
pensated by the contribution t o  the delay i n  flow separation outboard 
of the fences. 

A t  o r i f i ce  s ta t ion  O.>&b'/2 a large reduction i n  

The pressure dis t r ibut ions i n  figure 8 

A s  the angle of attack increases above l2', it becomes 

Span-Load Distributions 

The span-load dis t r ibut ions i n  f igure 12 show a wide var ia t ion i n  
loading from a near-el l ipt ic  loading at the lower angles of attack t o  a 
near-triangular loading a t  the very high angles of a t tack.  A t  moderate 
angles of attack, beginning a t  a a go i n  figure 12, the e f fec t  of the 
wing fences on the loading i s  apparent. The outboard fence results i n  
a s ignif icant  reduction i n  loading on the inboard side as a r e su l t  of 
the previously mentioned local-flow separation. This i s  contrary t o  
the theore t ica l  e f fec t  which, i n  the absence of flow separation, should 
be t o  increase the loading inboard and decrease the loading outboard 
( r e f .  13). Some e f f ec t  of the inboard fence is  a l s o  noticeable, with 
the fence increasing the loading inboara and decreasing the loading out- 
board, as predicted by theory. A t  a = 24O ( M  % 0.70) the  fence e f f ec t s  
a r e  no longer noticeable as a resu l t  of extensive flow separation out- 
board of about 0.3b'/2 (see a l so  f igs .  4(a) and 8(a));  consequently, the 
span loading i s  nearly t r iangular .  

Since the basic purpose i n  dis t r ibut ing the leading-edge camber i n  
a conical manner along the span is  t o  obtain an e l l i p t i c  span-load dis- 
t r ibu t ion  a t  moderate angles of attack, the dis t r ibut ions from figure 12 
a t  a = 7 O  are  compared t o  an e l l i p t i c  d i s t r ibu t ion  i n  f igure 13. From 

I -  ,, I. . .. . -  



b 
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t h i s  figure it  may be seen t h a t  the loading fa l ls  generally along the 
l i n e  for  an e l l i p se .  A t  Mach numbers below 1.19 the reflexed t i p  
decreases the t i p  loading below the e l l i p t i c  loading. 
spanwise posit ion of the center of pressure i n  f igure 7(e) i s  about 
2 percent fa r ther  inboard for  subsonic Mach numbers than fo r  

A s  a re su l t ,  the 

M = 1.19. 

In  general, the  dis t r ibut ions i n  f igure 12 a t  M = 0.70 do not 
d i f f e r  greatly fromthose for a plane wing a t  low and high angles of 
attack, as can be seen i n  figure 14. A t  a = go and l 3 O  the previously 
mentioned delay i n  flow separation fo r  the cambered wing r e s u l t s  i n  
s l i gh t ly  larger  loads i n  the t i p  region than for  the plane wing. 

compared t o  those predicted by l inear  theory fo r  a f la t -p la te  wing of 
the same plan form. The dis t r ibut ions compared well a t  the lower angles 
of attack, primarily because theory predicts  a near-el l ipt ic  loading f o r  
plane triangular wings. A t  high angles of a t tack  the comparison breaks 
down because of flow separation, the e f f ec t  of which can be seen a t  
a = 24' Using the  theory i n  reference 1-5, which 
accounts f o r  the vortex a t  the leading edge, and correcting for elevon 
deflection by the method of reference 16, the r e su l t s  are s t i l l  unsatis- 
factory.  
apparently, should not be applied for  any other case. 
aspect ra t ios  there does not appear t o  be a method available that wi l l  
predict  the e f fec ts  of the leading-edge-separation vortex. 

H 
1 
1 I n  reference 14 the span-load dis t r ibut ions of the JF-102A were 
6 

i n  figure 14 herein. 

i 
However, t h i s  theory i s  fo r  wings of very low aspect r a t i o  and, 

For moderate 

CONCLUDING REMARKS 

Pressure measurements were made i n  f l i g h t  over the conically cam- 
bered del ta  wing of the Convair JF-102A airplane a t  Mach numbers up 
t o  1.19, Maximum angles of a t tack  tes ted  ranged from 2 4 O  a t  a Mach 
number of O.70 t o  go a t  1.19. 

Appreciably large suction pressures are real ized a t  the leading 
edge of the conically cambered de l ta  wing similar i n  magnitude t o  the 
high suction pressures experienced by thin,  plane, de l ta  w i n g s .  The 
cambered leading edge is  effect ive i n  d is t r ibu t ing  the low pressures 
a t  the leading edge over a greater f ron ta l  area, thus increasing the 
leading-edge thrus t .  The conical d i s t r ibu t ion  of camber r e s u l t s  i n  
near-ell iptic span-load dis t r ibut ions a t  the lower angles of attack; 
however, a more important e f fec t  of conical camber (together w i t h  the 
wing fences and reflexed t i p s  incorporated by the JT-102A) i s  the delay 
t o  hlgher angles of a t tack i n  the occurrence of flow separation t h a t  
normally occurs on a plane delta w i n g .  A favorable e f f ec t  on the pres- 
sure drag may a lso  be a t t r ibu ted  t o  the delay i n  flow separation. 
Although the outboard wing fence probably contributes t o  the delay i n  1 - 



flow separation at the tip, the pressures indicate that the fence induces 
flow separation inboard of the fence starting near the leading edge at 
angles of attack of about 8O and extending to the trailing edge as the 
angle of attack increases. 

A wide variation occurs in the span-load distributions from a near- 
elliptic loading at the lower angles of attack to a near-triangular 
loading at the very high angles of attack tested. In general, the dis- 
tributions are similar to those of a plane wing,  although the delay in 
flow separation in the tip region results in slightly larger tip loads. 

High-speed Flight Station, 
National Aeronautics and space Administration, 

Edwards, Calif., May 5 ,  1B9. 
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TABLF: I 

TABLE OF PHYSICAL CHARACCEFUSTICS 

Wing : 
Total area,  sq f t  . . . . . . . . . . . . . . . .  
Airfoi l  section . . . . . . . . . . . . . . . . .  
Span (ac tua l ) ,  f t  . . . . . . . . . . . . . . . .  

Conical camber, percent loca l  semispan . . . . .  
Aspect r a t i o  . . . . . . . . . . . . . . . . . .  
Rootchord, f t  . . . . . . . . . . . . . . . . .  
T a p e r r a t i o  . . . . . . . . . . . . . . . . . . .  

Incidence, deg . . . . . . . . . . . . . . . . . .  

Mean aerodynamic chord, f t  . . . . . . . . . . .  

Tip chord, f t  . . . . . . . . . . . . . . . . . .  
Sweep a t  leading edge, deg . . . . . . . . . . .  
Sweep a t  t r a i l i n g  edge, deg . . . . . . . . . . .  
Dihedral (uncambered chord l i n e ) ,  deg . . . . . .  
Geometric twist ,  deg . . . . . . . . . . . . . .  
Tip reflex,  deg . . . . . . . . . . . . . . . . .  
W i n g  panel (outboard of wing s ta t ion  3.542 f t )  - 

Area (one panel)  sq f t  
Span (one panel), f t  . . . . . . . . . . . . .  . . . . . . . . . . . .  
Mean aerodynamic chord (wing s t a t i o n  8.210 f t ) ,  

. . . . . . . . . .  695.05 

. . . . . . . . . .  38.17 . . . . . . . .  NACA 0004-65 

. . . . . . . . . .  6.3 

. . . . . . . . . .  23.76 . . . . . . . . . .  2.08 . . . . . . . . . .  35.63 . . . . . . . . . .  0.81 . . . . . . . . . .  0.023 . . . . . . . . . .  60.1 
-5 . . . . . . . . . .  0 

(Modified ) 

. . . . . . . . . .  

. . . . . . . . . .  U . . . . . . . . . .  0 . . . . . . . . . .  - 6  

. . . . . . . . . .  232.50 . . . . . . . . . .  15.52 
f t  . . . . . . . .  20.64 

Elevons : 
Area ( t o t a l ,  rearward of hinge l i n e ) ,  sq f t  . . . . . . . . . . . . .  
span (one elevon), f t  . . . . . . . . . . . . . . . . . . . . . . . .  67.2 

12.89 

Vertical t a i l  : 
Airfo i l  section . . . . . . . . . . . . . . . . . . . . . . . . .  NACA 0004-65 

(Modified) 
Area (above waterline 33), sq f t  . . . . . . . . . . . . . . . . . .  68.3 . . . . . . . . . . . . . . . . . . . . . . . . . . . .  1.1 
Sweepback of leading edge, deg . . . . . . . . . . . . . . . . . . .  60.0 
Aspect r a t i o  

Sweepback of t r a i l i n g  edge, deg . . . . . . . . . . . . . . . . . . .  -5 

Fuselage : 
Length, ft . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  63 -3 
Maximum diameter, f t  . . . . . . . . . . . . . . . . . . . . . . . .  6.5 
Equivalent-body fineness r a t i o  . . . . . . . . . . . . . . . . . . .  9.1. 

Power plant : 
I n s t a l e d  s t a t i c  th rus t  a t  sea level ,  l b  . . . . . . . . . . . . . .  8,800 
Ins ta l led  s t a t i c  thrust a t  sea leve l  (with af terburner) ,  l b  . . . . .  13,200 

Test center-of-gravity location, percent.mean aerodynamic c h d d  . . . .  28 t o  29 
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0 b*/2 0.168 b1/2 0.320 b’/2 0.441 b*/2 0.584 b‘/2 

S t a t i o n  Ordinate S t a t i o n  Ordinate S t a t i o n  Ordinate S t a t i o n  Ordinate S t a t i o n  Ordinate 

b 

3G 

0.713 b1/2 0.851 b’/2 

S t a t i o n  

t 

0 
0.5 
1.0 
2.0 
3 .O 
4.0 
5.0 
7.5 

11.1 
12.5 
15 0 
23.1 
25.0 
30.0 
35-0 
40.0 
45.0 
50.3 
55.7 
60.8 
65.0 
70.0 
75.0 
81.i 
85.0 
88 .4  
90.1 
91 .O 
93 .O 
Y5.0 
31.0 
48.6 

0.5 
1.0 
2 0  
3.0 
4.0 
5.0 
1.3  

11.1 
11.9 
15.0 
20.1 
24.5 
3Oa  
35.0 

45.0 
50.3 
55.7 
60.8 
65.0 
70.0 

39.6 

75-0 
81.4 
85.0 
88.4 
90.1 
91 -0 
93 -0 
95-0 
97.0 
98.6 

TABLE I1 

LOCXTIOIIS OF STATIC-PRESSURE OKlFIGeS 

b t a t i o n s  and ordinates,  percent chord] 

0 
2.5 
5.0 
.o.o 
.5.0 
!O.O 
!9.4 
12.9 
12.9 
51.3 
‘0.0 
30.0 
>1.0 
)5.0 

-6.919 
-5.016 
-4-006 
-2.185 
-.761 
-298 
1.291 
1.m 
1 .a3 
1.887 
2 -715 
3.526 
3.989 
4.138 

-2.081 
-1.367 
-1.096. 
-.674 

- . O G  
.383 
.674 

1.262 

-.333 

,872 
1.017 

1.354 
1.499 
1.605 
1.691 
1.764 
1.810 

2.5 
5.0 

10.0 
15.0 
23.7 
30.0 
40.0 
50.0 

19.0 

60.0 
71.8 

80.0 
85.0 
9 . 0  
95.6 

+@ifices 

-0.403 
-.m 
-.500 - .568 
-.646 

-.WY 
-1.197 
-1.260 
-1.366 
-1.526 
-1.640 
-1.737 
-1.815 
-1.875 
-1.917 
-1-935 
-1.935 
-1.917 
-1.a 
-1.785 
-1.635 
-1.312 
-1.065 

-.@e 
-.705 
- . 6p  
-.& 
-.36t 
- .22t 
-.1Q 

-.734 

I- 
locatet  

.130 

.616 

.& 
1.011 
1.166 
1.271 
1.442 
1.567 

1.757 
1.822 
1.867 

1.677 

1.W 
1.8g 1.m 
1.847 
1.752 
1.627 
1.211 

.731 

.556 

.415 

.195 

.M 

ace 

2.5 
5.0 
9.0 

10.0 
13.4 
15.0 
2u.u 
25.0 
30.0 
34.8 
40.6 
45.2 
50.1 
55.0 
60.0 
65.0 
70.1 
75.0 
80.0 
86.8 
89.1 
90.0 
92.0 
94.0 
96.0 
98.4 

o 
0.5 
1.0 
2.0 
3.0 
4.0 
6.0 
8.0 

12.0 
1 7 . 1  
20.0 

10.0 

25.0 
30.0 
35.0 
40.0 
45.0 
50.0 
55.0 

66.1 
70.0 
15.0 
85.2 
81 .O 
W.0 
94.8 
97.0 

58.3 

.595 

.84a 
l.og0 
1.138 
1.275 
1.333 
1.500 
1.623 

1-798 
1.722 

1.866 
1.903 
1.924 
1.927 
1.914 
1.873 
1.780 
1.634 
l.3sS 

.947 

.783 
,721 
.581 

-301 
.441 

.I33 

.3m 

.556 
,664 
.85j 
.m6 

1.121 
1.204 
1.320 
1.474 
1.598 
1.702 
1.777 
1.843 
l.W 
1.914 
1.910 

1.901 
1.864 

1.615 
1.399 
1.121 

.876 
3 3 0  
.722 
.516 
.303 
.162 

1.777 

0 
0.5 
1.0 
2.0 
3 .O 
4.0 
6.0 
7 .9 

10.8 
12.5 
15.3 
20.0 
25.0 
33.0 
35-0 
40.0 
45.0 
50.0 
55.0 
60.0 
65.0 
70.0 
75.2 
79.9 
84.5 
67.9 
88.5 
90.0 
93 .O 
96.0 
98.0 

3.3 
13.2 
15.0 
20.0 
24.8 
29.8 

40.0 

50.0 
55.0 

35.0 

45.0 

60.0 
65.0 
70.1 

83.0 
74.9 

87.5 
90.0 

94.5 
91.6 

92.5 

upper SL 

i . s o  
1.277 
1.369 
1.526 
1.640 

-0.934 2.5 
-.307 5.0 
-.054 7 - 5  I 

30.0 
34.8 
40.6 
45.2 
50.1 

1.737 
1.815 

1.917 
1.935 
1.935 
1.917 
1.880 
1.789 
1.635 
1.312 
1.069 

.e29 

.7w 

.646 

.506 

.3G 

.226 

.112 

1.875 

I 

55-0 
60.0 

70.1 
75.0 
80.0 
86.8 

90.0 

94.0 
96.0 

65.0 

89.1 

92.0 

98.4 

liouer si 

on surface 

-.y&’ 20.0 

-1.191 29.8 

-1.474 40.0 

-1.100 24.8 

-1.312 35.0 

-1.598 45.0 
-1.702 50.0 
-1.777 55.0 
-1.843 60.0 
-1.889 65.0 
-1.910 70.7 
-1.914 74.9 
-1.901 83.0 
-1.864 81.5 
-1.777 90.0 
-1.615 92.5 
-1.399 34.5 
-1.063 97.6 
-.876 -- 

of elevon-actuator f a i r i n g .  

- . 8 j O  
-.722 
-.515 
-.303 
-.162 

ace 

- 
-1.286 
-1.46 
-.91 

-1.021 
-1.156 
-1.271 
-I. & 
-1.567 
-1.677 
-1.757 
-1.822 
-1.867 
-1.892 
-1.897 
-1.887 
-1.847 
-1.752 
-1.627 
-1.211 
-.9& 
-.731 - .556 
-.41: 
-.l% 

- 

-1.68f 
-.a5 
-.354 

.951 
1.3% 
1.535 
1.716 
1.m 
1.805 
1.m 
1.441 

1.836 

1.731 

.244 

11.7 -1.143 60.0 
18.3 -1.328 71.8 

25.0 -1.539 80.0 
30.0 -1.645 85.0 
35.0 *-2.642 90.0 
40.0 +-3.230 95.6 

20.7 -1.420 79.0 

45.0 *-3.613 
50.0 +-4.45 
55.0 +-4.426 
60.0 *-4.723 
65.0 * - 5 - w  
70.0 *-5.284 
75.0 *-5.5@ 
85.0 +-5.040 
87.0 *-4.346 
90.0 *-3.237 
94.9 *-1.632 
97.0 *-.912 

1 - 3 9  
1.1a 

-75: 
.361 

-=mZ 
-6.191 
-4.76; 
-3.47f 
- 2 . b  
-1.U 
-i . y3: 
-1 .a! 
-1,55f 
-.61: 

.7u 
2 . m  
3.17t 
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TABLE I11 

FLIGHT CONDITIONS AT WHICH DISTRIBUTIONS WEFtE OBTAINED 

I 1 
M Q, deg 4% deg 

M 2 0.95 
1.5 down 

-95 9.5 4.6 

1.6 UP 
2 .o 
12.2 

tll . 0 

7.0 
8.2 
26.1 
27.4 

M z 0.70 
M 2 0.98 3 -0 

3.8 
4 -7 
7.3 
9-0 
9.9 
11.7 
13.1 
15 .'7 
18.5 
22.2 
23. i 

0.4 up 
.5 
.6 
a 9  
1.4 
2.1 
2.4 
3.9 
5 -3 
7.6 
10.9 
t9.6 

0.98 
.98 
.98 
* 99 
-97 

M Z 1.02 
1.4 down 

8.8 8.0 
9.4 8.4 

*1.02 
*l. 02 
1.02 
1.02 
1.02 
1.02 
1.02 

~ 

M z 0.80 
3.82 
.82 
.82 
.80 
.80 
.81 
.80 
.80 
.80 

5 -2 
6.4 
8.9 
10.5 

13 .o 
12.0 

14.5 
17.8 

1.5 UP 
2.1 
2-3 
3 *1 
3.9 
4.5 
5 -7 
t4.4 

M 2 1.10 
1.11 
1.11 
1.12 
1.12 
1.10 
1.12 
1.11 
1.08 
1.08 
1.07 

1.2 
1.7 
2.8 
4.3 
5 
6.0 
6.8 
7.4 
8.7 
9.2 

2.2 down 
*9 
.6 up 

3 . 1  
4.8 
6.8 
7.6 
7.9 
9.9 
10.3 -1.0 

.1 
1.1 
2 .o 
2.9 

1.7 dowr 
1.1 
1.0 
1.0 
.7 
-6 up 
-5 
1.4 
t1.5 

M z 1.19 

1.1 down 
2.5 UP 

11.1 

1.19 
1.19 
1.19 
1.18 

3.9 
5.1 
6.9 
9.0 
9.7 
11.3 
12.7 
17.9 

.88 

90 

3 -3 
t2.3 
3 -9 
10.3 

* Corrected for pressure  lag. 
t 6e < 6, f o r  t r i m .  
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E-2554 

(a) Complete airplane; side and overhead views. 

Figure 2.- Photographs of the JF-10% airplane.  
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E-4246 

E-4244 

E-4245 (b) Close-up v i e w s  of wing showing leading-edge camber, fences, 
reflexed t i p ,  and elevon actuator fa i r ing.  

Figure 2.- Concluded. 
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Figure 7.- Wing-panel characterist ics for  the JT-102A airplane.  



34 

.. e.. . e.. . .. .. . . ... e. 0 .  a .  0 .  . e .  ... e . .  

e . .  . .. a * .  .. 

0 :2 .4 .6 .8 1.0 -.U4 

CN 

(b) Pitching moment. 

CN 

( c )  Bending moment. 
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(d) Chordwise location of 
center of pressure. 

(e) Spanwise location of 
center of pressure. 

Figure 7.- Concluded. 
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Figure 9.- Thicknesswise distribution of pressures for conically cam- 
bered and plane delta wings. a'/b' = 0.58. M = 0.70. 
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