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ERRATA FOR JPL TECHNICAL REPORT NO. 32-663

1. Table 1, bottom set of data: change 2.5 to 2.8
in column 3; change 2.75 to 3.08 in column 4;
and change 2.25 to 2.52 in column 5.

2. Eq. (14), last line: should read ém“UL = =778
mrad/sec

: In the paragraph following Eq. (19), 6 should read

6 = 3 deg/sec.

: 1. In the paragraph below Fig. 7, 6 should read

6 = 0.919 mrad/sec

2. In Fig. 8, on the vertical ordinate lines, delete the
tick marks for 0.919 and —0.919; these two num-
bers relate specifically to the upper and lower

total rate deadband lines, respectively. Also, insert
+ before 52.4 mrad/sec.

1. After Eq. (23), and following the words “and
where”, the 3rd line down should have W
changed to W.

2. In Eq. (32) and (35), change 6 to 6.

: 1. Right-hand column, 17th line down: change (6)

to (8).
2. In the top of Fig. 9: 6; should read 6,

: 1. Left-hand column, lines 3, 4, 5 from the top:

change 6 to 6; line 7 from the top should read:

61— 0  6.— 6
1 0+_—|

ton = Vi 7

2. Right-hand column, 2nd paragraph, line 4:
change 6 to 6.

In Fig. 11, the preset hinge angle designates the
angle between the spacecraft roll axis and the RF
axis of the antenna.

In Fig. 13, for the ordinate call-out: ¢ should read 6.

Right-hand column,'paragraph following Table 4,
line 5: change 6 to 6.
1. Fig. 15: after 17.5, add mrad.

2. Fig. 16: for the Ranger 6 and 7 system, delete the
vertical lines connecting the gas system to K¢ and
to Kyensor; all S’s should be lower case.

Fig. 25: the right-hand #. should read t..

1. Eq. (118): change 6° to 6°

2. Table 6, colu.mn 2, 4th and 5th groups of data:
change ¢ to 6. i

3. Fig. 27: should read “theoretical” curve, within
the graph.

Table. 7, column 1, 3rd group of data: change all

6 to 6.

Left-hand column, Section III-B.-1.-c.: change

mrad/sec to meters/sec
Eq. (136): change 6 to 6.

Fig. 36: the abscissa call-out should read “TIME,
sec”
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Right-hand column, Eq. (144): change 0.053 to
0.0525

Table 11, column 3: the notation E-3 denotes 10~*

1. Tables 12 and 13, columns 3and 7: the notation E-3
denotes 10°°

2. Left-hand column, paragraph 3, should read: . . .
the 3-0 standard deviation is V3L.

Fig. 43: the top and bottom abscissa call-outs are

expressed in “deg”.

1. Left hand column, line 16 from the top: delete
the dot from q:.

2. Eq. (A-2): 6* should be 6% (8 + ¢3)* should be
(6 + ¢4)°

3. Fig. A-2: change V, to r; by = distance between
B and C,; b; = distance between B and C..

1. Fig. A-3: L = distance between C: and Aj;
r, = distance between C; and O; h = distance
between line C; — C. and O; r, = distance be-
tween A, and O; 7. = distance between C: and O;
I, = distance between A: and C..

2. In the legend for Fig. A-3, right-hand column:
change all ~ signs to read as “minus” signs.

Left-hand column, line 9 from top: delete the dot

over z.

Eq. (A-54): the denominator of the term in brackets
should be M, (L, + d.) \* + 17)

Fig. A-5: within the graph, change j to J.

1. Fig. B-5, lower right-hand box: should read
5 X 102 (s + 323)

2. Fig. B-6, 2nd box at top: change K, to Kr; in the
lowest box, change R: to Rr; on the upper left-
hand horizontal line of this Fig. B-8, change e,
to er

1. Left-hand column, Eq. (B-24): should be 2

2. Fig. B-10, Ist low set of two boxes: change to
read 5 X 10-%(s + 323)

Fig. B-12: the locus originating at the pole at
—1000 is a straight line ending at the zero at —320.

Fig. C-3: should show two poles at the origin.

1. Fig. C-5, for B, deg: delete 0.5, and change 1
to —5,

2. Fig. C-4, for B, deg: change —15 to +5.

Fig. C-6: should show two poles at the origin.

Fig. C-10: within the graph, insert j before 298

rad/sec.

1. Fig. C-12: change F, to F..

2. Right-hand column, lines 9 and 11 from top of
column: change the last y to subscript y for the
preceding parenthetical expressions.
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Fig. C-13: change F, to F..

Fig. C-14: change 0.1 to 0.05 for ¢. and ¢..

Fig. C-23: change F, to F..

Fig. C-24 and 25: change F, to F., respectively.
Fig. C-26: change F, to F-.

Fig. C-27: change F, to F..

Fig. C-28 and 29: change F, to F., respectively.
Fig. C-30 and 31: change F, to F., respectively.
Fig. C-32: change F, to F-.

1. Fig. D-4: delete the —ey and its arrow; insert
—ey and arrows as being the angle between o,
and the lowest dashed arrow.

2. Fig. D-5: lowest arrow pointing southeast should
be designated x; &, = angle between x; and x.

Eq. (D-68): the 3rd line down within the 2nd group
of three components should read: — (A6, + 86, + &,)

Eq. (D-99) should read p = -

The revised Fig. D-11 is presented below.
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Page 112:

Page 116:

Page 118:

Page 128:

Page 131:

Page 133:

Page 134:

Page 135:

Page 143:

Fig. D-12: the axis pointing toward the lower left
of the diagram should be labeled —y.

Table D-3: in column 4, line 21 from top, should be
6p; in column 5, line 18, should be 6 sin 6,.

Fig. D-17: the angle between y and V should read

a2,

Fig. E-7: in the upper-right and lower-right portions
of the graph, add the word “deg” for the numbers
1.25 and 1, respectively.

Fig. F-1: the 2nd to last box on the right should read
1/Zr; the last box on the right should read Z,.

Eq. (F-12): within the basic denominator, 0.6 should
read 0.3.

Eq. (F-17): within the basic denominator, 0.6 should
read 0.3.

Eq. (F-18): within the basic denominator, 0.6 should
read 0.3.

Fig. G-6: within the graph, 0.005 should read 0.035.
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PREFACE

The Ranger program was established in 1959 to investigate the sur-
face of the Moon through the use of several scientific experiments. The
program was separated into three missions, each having a primary ob-
jective. Ranger Block I (RA 1, 2) served as an interplanetary vehicle
which evaluated the basic systems of the spacecraft; Block II (RA
3, 4, 5), which was the first lunar mission, carried a gamma-ray instru-
ment, a television (TV) camera, and a seismometer capsule. The
Block IIT (RA 6, 7, 8, 9) effort is purely a photographic mission de-
signed to obtain high-resolution close-up pictures of the lunar surface.

The function of the Ranger Block III attitude control system is to
stabilize and control the Ranger vehicle orientation from second-stage
separation until lunar encounter.

The Ranger system utilizes an Atlas booster for its first stage, an
Agena B second stage, and the JPL Ranger spacecraft. The basic config-
uration of the Block III (Ranger 6 through 9) consists of a hexagonal
frame composed of electronic packages; two erectable solar-power
panels, a television experiment, and a movable parabolic high-gain
communications antenna. The spacecraft configuration is shown on the
adjacent page.

The spacecraft trajectory, approximately 68 hrs, is also shown on the
adjacent page. The spacecraft is initially confined within a shroud for
environmental protection during the launch phase. The shroud is
ejected following the Atlas sustainer burn-out. At the conclusion of the
first Agena burn, the spacecraft is in a coasting or parking orbit. A
second ignition and burn of the Agena, concluding in spacecraft injec-
tion into an impact trajectory with the Moon, is followed by the separa-
tion of the spacecraft from the Agena B.

After separation, the spacecraft’s Sun and Earth acquisition sequence
is initiated. The attitude control system is activated, the solar panels are
erected, and the high-gain antenna is rotated to a preset hinge angle.
Sun sensors provide position errors which control the attitude control
jets and provide for pointing the roll axis of the vehicle towards the Sun,
thus placing the solar cells in such a position so that they have the maxi-
mum illumination. The solar power system is now in operation. The
spacecraft is next commanded to turn about the roll axis until the high-

JPL TECHNICAL REPORT NO. 32-663

XI



JPL TECHNICAL REPORT NO. 32-663

XII

PREFACE (Cont’d)

gain antenna beam lies in the plane defined by the spacecraft roll axis
and the Earth. The Earth sensor provides the roll and hinge angle con-
trol for the antenna actuator by measuring the error signal and feeding
it back so that the antenna rotates about the hinge axis, orientating the
propagation axis normal to the Earth, establishing the high-gain com-
munication link. The vehicle is then in the cruise phase.

After approximately 16 hrs in the cruise phase, the required trajectory
corrections (if needed) are transmitted to the spacecraft. The result of
the midcourse maneuver is the reorientation of the spacecraft by com-
manding the proper turns to accomplish the trajectory correction. Fol-
lowing this maneuver, the Sun and Earth are re-acquired. Upon the
approach to the lunar surface, the terminal maneuver is performed to
align the television cameras for high resolution pictures of the Moon.
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ABSTRACT
/3278
This Report describes the attitude control system designed to orien-

tate, stabilize, and maneuver the Ranger spacecraft in its mission to
obtain the first detailed close-up television (TV) pictures of the Moon’s
surface. The system is capable of three-axis orientation, midcourse
trajectory correction, and terminal orientation for picture-taking. The
attitude control system is composed of several subsystems: the inertial
sensors to sense the rates and positions about each axis and to serve
in a trajectory correction and orientation during terminal; the celestial
sensors to provide for the Sun and Earth reference coordinates for the
three-axis position stabilization; and, the gas jet system to provide
the torque control for the spacecraft. Each of the modes of spacecraft
attitude control operation is discussed in detail. A complete analysis
of the gas system requirements, spacecraft dynamic effects, and mid-
course autopilot control, as well as the maneuver error analyses, is
included in this Report. Added in the appendices is a discussion of the
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subsystem concept, design, and development.

i

I. INTRODUCTION

The specific mission of the Ranger Block III spacecraft
is to obtain high-resolution close-up television (TV) pic-
tures of the Moon’s surface. To do so, requires precise
control of the vehicle about its center of mass during
the flight from the Earth launch site to the lunar surface.
The ability to maintain the orientation of the spacecraft
about the desired trajectory and also provide for the cor-
rection of injection errors is the function of the attitude
control system. The performance requirements are de-
rived from the over-all mission requirements and objec-
tives for the spacecraft.

This Report is a comprehensive study of the analytical
description of the attitude control system. The text of
material is divided into two main sections, i.e., Spacecraft

Orientation and Stabilization, and Trajectory Corrections.
The Report describes and analyzes the various modes of
operation of the attitude control system.

Two basic requirements imposed on the spacecraft’s
control system are (1) to provide for the solar-power gen-
eration to the vehicle by orientating the solar panels in
such a way that the energy-producing elements are nor-
mal to the Sun, and (2) to position the directional antenna
so that it is pointing toward the center of the Earth.
Celestial sensors, mounted on both the solar panels and
antenna arm, therefore act as the control elements in the
feedback loops of the pitch, yaw, and roll axes and meas-
ure the angular displacement errors. Gyroscopes, mounted
about each axis, measure and correct for the rate of
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change of the spacecraft’s position. The correcting torques
are applied by the ejection of cold gas from an internally
pressurized gas supply.

If the injection into the desired trajectory were accom-
plished perfectly, there would be no need for any other
requirements of the attitude control system; however, a
perfect trajectory is a difficult objective to attain, and to
correct for the errors a maneuver must be made. The
flight duration for the lunar trip is approximately 68 hrs;
after about 16 hrs, the midcourse maneuver is com-
manded. The maneuver allows for a combination of a
roll and pitch turn, and a change in the spacecraft’s
velocity. Furthermore, the thrusting of the midcourse
correction rockets generally produces an overturning mo-
ment generated by the misalignment of the thrust vector
with respect to the spacecraft center of mass. To correct
for this, an autopilot loop is included in the attitude
control system to overcome these moments. Stabilizing
torques are supplied by jet deflection vanes acting on
the propelling stream of the midcourse motor. The
maneuver is conducted under both celestial and inertial
control. The roll turn is made after Earth lock is disen-
gaged; it is provided by a gyro command. After the roll
turn, the Sun lock is broken and the pitch turn is com-
manded. The velocity increment is then added to the
spacecraft’s velocity vector. Communication at this time
is carried on by the spacecraft’s omnidirectional antenna.
Re-acquisition of the celestial bodies follows the maneu-
ver and is identical to the sequence followed during the
initial acquisition.

Finally, the terminal maneuver is commanded to align
and maintain the optical axis of the TV cameras parallel
to the expected lunar-impact velocity vector of the ve-
hicle. To do so, a combination pitch-yaw-pitch turn is

commanded. Earth lock is maintained at this time by
maintaining the communications antenna pointed toward
the Earth. A functional mechanization of the Ranger
Block III attitude control system is shown in Fig. 1.

(D ORIENTATION, RATE REDUCTION, ACQUISITION, CRUISE (R2 6 AND 7),
TRAJECTORY CORRECTION
® ACQUISITION, CRUISE, RE-ACQUISITION
& CRUISE (Ra 8 AND 9)
@ MIDCOURSE TRAJECTORY CORRECTION
EXTERNAL
® EARTH ACQUISITION S
@
SUN | SWITCHING | CAS
SENSOR :ﬁ > AMPLIFIER SYSTEM
C © \ [oerveo
® RATE
FEEDBACK
g AUTOPILOT
5 @
TYPICAL PITCH AND YAW CHANNEL
(2]
ANTENNA e
SERVO =
£
EARTH a
ACQUIRE
COMMAND EXTERNAL | I
® TORQUE | &
o g
8
EARTH | - SWITCHING e g
SENSOR AMPLIFIER e &
D78
DERIVED
& RATE
FEEDBACK
s AUTOPILOT
3 @

TYPICAL ROLL CHANNEL

Fig. 1. Ranger attitude control system,
general block diagram
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Il. SPACECRAFT ORIENTATION AND STABILIZATION

A. Discussion

Following the separation from the Agena booster, the
Ranger spacecraft attitude control system is required to
perform a pre-programed set of events. The vehicle is
in an unstable mode of flight following its injection into
the intended trajectory since control about the pitch,
yaw, and roll axes is not commanded until a Sun acquisi-
tion command, some 60 min after launch. At the command
for Sun acquisition, the gas-jet system is turned on, the
primary and secondary Sun sensors activated, and the
communications antenna slewed-out to a pre-set angle.
The attitude control system is required to reduce first the
initial tumbling rates created by the separation torques
and then to acquire the Sun with the use of photocon-
ductive sensors to provide for pitch and yaw position
control. Rate control for the pitch and yaw axes is
obtained from tweo single-axis integrating rate gyros,
mounted about each axis. Roll control at this time is
derived purely from the gyro mounted about the roll
sensitive axis. Error signals, as measured by the rate and
position sensors, are summed in their respective channels
to operate gas-jet valve-switching amplifiers which pro-
vide an on-off type control torque. The high-gain direc-
tional antenna must be rotated, from its stowed position
beneath the spacecraft bus about a hinge axis which is
perpendicular to the roll axis and parallel to the pitch
axis of the spacecraft, to one of eight pre-set angles. The
choice of the particular angle is dependent upon the tra-
jectory relationships between the Earth, Moon, and Sun;
the angle is selected so that it is very close to the expected
Earth acquisition angle.

At launch plus 3% hrs, the command for Earth acqui-
sition is made. The dc power is instantly applied to the
Earth sensor, the secondary Sun sensors are turned off,
and a roll search is initiated. The roll search commands
the spacecraft to rotate at a constant velocity in a clock-
wise direction about the Sun (roll) axis. The Earth sensor,
mounted colinearly with the antenna, tracks and acquires
the Earth, thus providing roll-position control, and the
antenna hinge servo maintains the communications an-
tenna pointed toward the Earth. Earth acquisition is
completed within a 30-min duration.

The Ranger spacecraft is now under three-axis control
in the Sun-Earth coordinate reference system. This phase
of the Ranger mission is considered to be the cruise mode.
During the cruise, which is of 60-hr duration, stabilization
of the spacecraft is obtained by control torques provided

by a cold gas-mass expulsion system operating in an
on-off fashion as mentioned above. Pairs of gas-jet nozzles
are precisely mounted about the three spacecraft axes
(operating from a dual gas source) and provide the cor-
rective torquing. A position limit cycle is established with
the switching-amplifier deadband. The rate feedback sig-
nal provides the proper damping. If some unexpected
noncatastrophic event takes place, the cruise attitude -
control mode provides for the automatic re-acquisition
of the Sun and Earth.

B. Orientation Requirements and Constraints

The trajectory constraints imposed on and by the atti-
tude control system have a gross effect on the spacecraft
trajectory and launch window. The trajectory constraints
for the orientation phase are the following:

1. The spacecraft must be in the sunlight for 1 hr prior
to Earth acquisition, and continuously thereafter.

2. The illuminated portion of the Earth, as seen from
the spacecraft, must be within the bounds of the
angular range from 32 to 148 deg relative to the
probe-Sun line at the time of the Earth acquisition
command. This corresponds to an Earth-probe-Sun
(EPS) angle constraint of 40 to 135 deg at a distance
of 64,000 km. The Earth-light incident on the space-
craft sensors at the start of the Earth acquisition
must be greater than 0.7 ft-candles.

3. The Earth-light incident at the spacecraft must be
between 0.06 and 40 ft-candles from the Earth acqui-
sition to the end of the mission.

4. The high-gain antenna must be pointed within 5 deg
of the Earth receiving station. Transmission and
reception are received through the omni-antenna
until approximately 4 hrs after launch when the
high-gain antenna becomes active.

If the lower EPS angle and the incident light constraint,
given in (2) above, are exceeded, the Earth sensor may
track reflections from the spacecraft, lose Earth lock, and
drive the antenna outward to an angle such that a subse-
quent acquisition is impossible. Under these conditions,
a mission success depends upon the successful execution
of the roll override command, RTC-1 (Real Time Com-
mand No. 1).
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C. Separation and Initial Tumbling Rate
Reduction

1. Pitch and Yaw Channels

Upon separation of the Ranger spacecraft from the
Agena B, a maximum random tumbling motion may be
imparted to the vehicle with rates of 52.4 mrad/sec. This
tumbling rate represents a maximum moment of momen-
tum of 32.5 ft-Ib/sec.

The rate reduction is not initiated until the Sun acqui-
sition command is given. As mentioned previously, the
gyros are constantly sensing the error signals in rate about
the three orthogonal axes. Upon the reception of the Sun
acquisition command, the switching amplifiers are turned
on. The gyro signals activate the gas system so that cor-
rective torques reduce the angular velocity. The Sun
sensors, mounted on two solar panels extending from the
spacecraft, are also turned on at this instant. These sensors
measure the difference of the light energy absorbed from
the Sun and relay this measurement as a position signal.
Since the maximum error signal available is sufficiently
below that of the maximum gyro output, the rate signal
controls the firing of the gas jets during tumbling. The
Sun sensors are subject to saturating behavior and do
not operate in their characteristic linear region until the
error signal is reduced sufficiently. At that time, rate and
position control is available to further eliminate the error
signals. A block diagram of the Ranger spacecraft atti-
tude control system is shown in Fig. 2; a single-axis rep-
resentation is illustrated.

a. Initial rate reduction. The behavior of the attitude
control system during the Sun acquisition mode is based
on reducing first the initial rate and then acquiring the
Sun. The analysis which follows is conducted under
the following assumptions:

1. That thrust of the gas jets is constant.

2. That position and rate sensor dynamics are neg-
lected.

3. That no external disturbance torques act upon the

vehicle.

The differential equation that characterizes system
behavior is:

e (t) = Ks 0 () + Ko 0: (2) (1)
where
¢ (t) = error signal, actuating switching amplifier

K = position sensor gain

SWITCHING SPACECRAFT
AMPLIFIER DYNAMICS
e | 1|68 foeas| = | 1+ |81 | 6in
|E ~ | JETS = s S
RATE GYRO
GAIN
K =
SUN SENSOR
GAIN
K |=

Fig. 2. Single axis pitch or yaw control loop

K = rate sensor gain
6; = vehicle angular position
9; = vehicle angular rate

i = notation for pitch (p) or (y) yaw

Both spacecraft position and rate are sensed by a Sun
sensor and rate gyro, respectively. The signals from these
sensing elements are then mixed, and together they con-
trol the switching action of the on-off type amplifier which
in turn operates the gas jets, applying a corrective torque
to the vehicle.

The rate-reduction analysis is studied by the use of the
phase-plane diagram. The switching lines which describe
the characteristics of the systems behavior [Eq. (1)] may
be obtained by separating Eq. (1) into a linear and satu-
rated region. The analysis follows below.

In the linear region:

(1) = (Ko) 6 (1) + (Ko) 6 (1) 2
Dividing both sides by Kj,
elt) _ &) ;
=00+ (%) @
The deadband of the switching amplifier is represented by
_El)BéS(t)é +eps (4)

Therefore, the position deadband is given by

iEDB

+0pp = T (5)
where

0pp = position deadband

epp = switching amplifier electrical deadband
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If Eq. (5) is substituted into Eq. (3) along with the sub-
stitution of the rate to position gain by

K
T4 = ?Z‘ (6)

then, the equation of the system switching line in the
linear region is

+0p5 = 0 (2) + 766 (£) (7)

In the saturated region:
When the Sun sensor output saturates,
= KS 053 (8)

where
es = Sun sensor saturated output
s, = Sun sensor saturated displacement

Therefore, the maximum position signal is

7] (t) == ass (9)
Substituting Eq. (9) back into Eq. (7) yields
ioDB = 0g8 + TG é (t) (10)

Since the position deadband is a fixed value, as are the
rate to position gain and the sensor saturation level, then
Eq. (10) may be rewritten as

6 () = ———= (11)

(=8pp — 0s,)
T

which represents the velocity switching lines in the phase
plane.

The phase trajectories are determined by integrating
the identity

(12)

which yields
% (62 — 62) = +a (0 — 0,) (13)

Equation (13) represents a parabolic trajectory in the
phase plane since the acceleration due to the gas jets
(and hence the torque) is constant.

The analysis is now extended by numerically solving
the switching line and phase trajectory equations. The
subsystem parameters are given in Table 1.

g, mrad,/sec

Table 1. Phase-plane switching-line parameters,
pifch and yaw

Param-

eter Maximum | Minimum

Description Nominal

Ks Sun sensor scale | —18.5 v/deg =10% [16.65v/deg|20.45v/deg
factor

TG Rate to position 3.18 sec =10% 3.5sec 2.86 sec
gain
+17.5 mrad =7%

Os, Sun sensor 18.73 mrad | 16.27 mrad

saturation

Opr | Switching *+2.5 mrad £10% 2.75 mrad | 2.25 mrad

amplifier
deadband

b. Phase plane of the initial rate reduction. The expres-
sion which describes the control of the gas jets is given
in Eq. (11). Here it states mathematically that the switch-
ing amplifier-control voltage is a function of the position
and rate sensors and their respective gain constants.
Based upon this equation, the switching lines are derived
and shown in Fig. 3.

Maximum acquisition rate—upper limit:

o e
TG TG
__ 1873mrad  3.5mrad
o 2.86 sec 2.86 sec

= —(6.55 + 1.23) mrad/sec

éva = — —7.78 mrad/sec (14)

12 T T T T T T

CONSTANT VELOCITY
SUN SENSOR
/ LINEAR REGION
GAS JETS-OFF i

SWITCHING LINES
1§
REACH RATE DEADBAND

8.0

2
o

(¢}
SUN SENSOR
SATURATION
-4.0~ DISPLACEMENT
el POSITION DEADBAND GAS JETS—OFF
REGION
-12 1 | | 1 | |
-160 -120 -80 -40 o 40 80 [20A1I60!

8, mrad

Fig. 3. Phase plane for the pitch and yaw channel
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Nominal acquisition rate:
=,
TG

_ —17.5 mrad
~ 3.18sec

b pom = —5.51 mrad/sec (15)

Minimum acquisition rate—lower limit:

. [/ 0
0= — iss) AL D3
TG TG
o 16.27 mrad ~ 3.08 mrad
3.52 sec 3.52 sec

= — (4.62 — 0.875) mrad/sec

émi,,m = — 3.75 mrad/sec (16)

The rate deadband is determined for the system by
setting the angular displacement to zero.

Rate deadband:
6= 2
TG
. 2.8 mrad
~ — 3.18sec
fps = =+0.88 mrad /sec (17)

The maximum and minimum acquisition rate is there-

fore obtained by combining Eq. (15) and (17).
Omaz = Onom + b5
= 5.51 mrad/sec + 0.88 mrad/sec
0',,,“ = 6.39 mrad /sec (18)
bmin = Gnom — 05
= 5.51 mrad/sec — 0.88 mrad/sec

Omin = 4.63 mrad /sec (19)

The specified maximum Agena separation velocity that
is tolerable is given as § = 3 deg/sec = 52.4 mrad/sec
about each axis. This velocity constraint, together with
the spacecraft switching lines, is shown in Fig. 4.

& T T
GAS JETS-ON
2l REGION, POSITIVE [ ]|
TORQUE
(L SwITCHING LINES T i
(8]
&
T
© |
s - §
'S GAS JETS-ON
' REGION, NEGATIVE MAXIMUM
TORQUE SEPARATION
= VELOCITY =
=3 | |
-180 -90 0 90 180
B, deg

Fig. 4. Phase plane showing the maximum
separation velocity

The equation of the spacecraft’s trajectory assuming
zero initial conditions and an acceleration constant of
a« = 0.6 mrad/sec® yields from Eq. (13)

o= L%
5
= 0.83562 (20)

As an example of the spacecraft’s trajectory during the
initial rate reduction period, we can assume that the
vehicle is tumbling at a rate of 2 deg/sec with a dis-
placement of § = —90 mrad. The trajectory is shown in
Fig. 5, point A. As it is shown, the trajectory inter-
sects the upper switching line and then coasts in toward
the origin. If the displacement is now chosen as
6 = +90 mrad, the switching occurs at the lower line
as indicated by the trajectory emanating from point B.

3 T T T T

@

S |

o

@

w

o

2 = = ]

< | |
_2-— -
- 1 1 1 1

-180 -90 -45 (o) 45 90 180
6, deg

Fig. 5. Typical trajectories for the pitch and yaw
initial rate reduction
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(b)

Fig. 6. General phase plane diagrams of initial rate
reduction and acquisition from both the upper
and lower switching lines

A blowup of the origin shows the switching lines and
also indicates the acquisition trajectories, Fig. 6.

If the rate were negative, the trajectories would lie in
the bottom portion of the phase plane and follow the
identical type of loci. The controlled portion of flight,
i.e., outside of the switching-line deadband, is indicated
in Fig. 4.

2. Roll Mode

The block diagram of the roll mode during the sepa-
ration rate reduction is similar to that of pitch and yaw;
however, there is no position control prior to Earth acqui-
sition. Fig. 7 shows a block diagram of the roll channel.

During the rate reduction phase of the spacecraft orien-
tation and stabilization, the vehicle is controlled in roll

CONTROL ACTUATOR SPACECRAFT DYNAMICS

Gas | |
SWITCHING
bl JET
AMPLIFIER™|sysTEm[ ]

GYRO =

Fig. 7. Roll channel block diagram,
initial rate reduction

by the integrating rate gyro. Therefore, the initial condi-
tions in roll are such that the gas jets are on until the
vehicle rates are reduced to the rate deadband which
is § = 0.919 mrad/sec. The phase plane for the roll mode
is shown in Fig. 8.

If the initial conditions in roll were given by some
rate and displacement at points A or B, the roll correct-
ing torques would be applied to the spacecraft by the
gas jets until the trajectory of rate and position inter-
sected the rate deadband. At this time, the spacecraft
rate would remain constant and the gas jets turned off.
If the vehicle is initially within the rate deadband, the
gas system will not be turned on since there would be
no error signal.

3. Gas Requirements for Initial Rate Reduction

The gas required in order to eliminate the angular
rates produced by the separation torques is determined

524

YPICAL
TRAJECTORY

TOTAL RATE DEADBAND

0919

[¢]
-0.919

GAS JETS-
OFF REGION

6, mrad/sec

MAXIMUM SEPARATION
RATE 52.4 mrad/sec

-52.4 J | I
-180 -90 (] 90 180

8 deg

Fig. 8. Typical trajectories for the roll
initial-rate reduction
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by a worst case analysis of a single axis. The gas con-
sumption calculations are based upon the computation
of the gas jet-on time, i.e., the elapsed time that the
valves are on.

Therefore, since

r=1Ia (21)
and also
r=FL (22)
where
F=WIL, (23)
and where

7 = torque due to gas expulsion
F = force due to gas expulsion
W = gas weight flow rate
I, = specific impulse of the gas
L = lever arm of the gas jets
then, by substituting Eq. (22) and (23) into (21),
Ie = FL = WI,,L (24)

and, rewriting yields

. Io 1b
W= m s (25)
The above expression represents the rate of flow of the
gas during the jet firing. The amount of gas expended
is given by the expression
la

W =1 fon (D) (26)

As given by Eq. (11), the saturated sensor rate dead-
band is

o
6, = oz —9)) (27)
76
The rate may also be defined by the equation
0, = *aton + 6, (28)
which is rewritten as the total change in rate
Ab = (6, — 6,) = *aton (29)

Finally, the total on time during deceleration is given by

o — éaé (sec) (30)

Equations (25), (26), and (30) define the amount of

gas required during any control period that the gas valves
are open.

Some typical values are computed for the pitch, yaw,
and roll initial rate reduction based upon the Ranger 6

parameters, Table 2.

Pitch and yaw channel:

. —17.5 mrad + 2.8 mrad
0s = = —4.6 mrad/sec (31
o 3.2 sec / 10
§ = 52.4 mrad/sec — 4.6 mrad/sec = 47.8 mrad /sec
(32)
47.8 mrad/sec 80 (33)
e T e sec
°* 0.6 mrad/sec?
Roll channel:
- —17.5mrad + 5.0 mrad
0= = —2.29 mrad/sec (34
: 545 sec fseeiSd)
6 = 52.4 mrad/sec — 2.3 mrad/sec = 51 mrad /sec
(35)
51 mrad/sec
=————-——=_85sec 36
" 0.6 mrad/sec? (36)
If we assume a continuous gas discharge
I,, =1.=170sec (37)
then from Eq. (26),
I
W=——t 38
o (68)
Table 2. Some typical Ranger 6 parameters
Moments of Inertia: lee = 92 slug-ft*
lyy = 113 slug-ft*
l.: = 60 slug-ft*
Gas Jet Moment Arms: Lp = 2.42 ft
Ly = 1.83 ft
Le = 2.19 ft
Gas Jet Specific Impulse: | Continuous Discharge I. = 70 sec
Hysteresis System In = 45 sec
Derived Rate Ip = 35 sec
Acceleration Constant: Full-Gas System a = 0.6 mrad/sec®
Half-Gas System a = 0.3 mrad/sec’
Rate to Position Gain: Pitch and Yaw 7¢ = 3.2sec
Roll T7¢ — 5.45 sec
Sun Sensor Saturation: All Axes 6s, = 17.5 mrad
Switching Amplifier Pitch and Yaw 6pp — *£2.8 mrad
Deadband: Roll 6pg = *£5.0 mrad
Limit Cycle Rate Hysteresis 6n = =60 urad/sec

Increment: Derived Rate 6p — £ 18 prad/sec
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SO

92 slug-ft* (0.6 mrad /sec?)
70 sec (2.42 ft)

= 2.61 X 10 1b (39)

80 sec

Wpi tech —

113 slug-ft* (0.6 mrad/sec?)
70 sec (1.83 ft)

=424 x1021b (40)

Wyaw = 80 sec

60 slug-ft* (0.6 mrad /sec?)
Woe Ty 70 sec (2.20 ft) 8ose0

=198 x1021b (41)

The total gas required for the initial rate reduction is

W =893 X 102 1b (42)

D. Acquisition Phase

The orientation of the vehicle prior to the Sun and
Earth acquisition is random due to the vehicle tumbling
arbitrarily in space. After the initial separation rates are
eliminated, the vehicle is prepared to follow a predeter-
mined sequence of events in order to establish the refer-
ence coordinate system desired. To do so, the Sun and the
Earth must be sought. Two sensing systems are required:
(1) the Sun sensor must have a 4- steradian field of
view, since its position in space is unknown and a com-
plete rotation of the spacecraft might be desired, and
(2) after acquiring the Sun, the Earth sensor is required
to locate the Earth. The Earth sensor field of view is
constrained to +10 deg in hinge angle movement and
+5 deg in roll angular displacement; the reasons are
discussed in Appendix E.

The phase plane diagrams derived in Section II-C,
above, described the switching lines basic to the pitch,
yaw, and roll channels. The actual acquisition trajectories
are derived based on a system acceleration constant of
a = 0.6 mrad/sec?. The duration for the acquisition may
be established by measuring the total time the gas jets
are on.

1. Sun Acquisition

The block diagram describing the Sun acquire mode
is identical to that shown in Fig. 2. At the instant the
Sun acquire command is accepted by the spacecraft,
the Sun sensors located on both sides of the extended
solar panels provide the position error signals (assuming
that the vehicle is not already pointing directly at the

Sun). The pitch and yaw position errors are mixed, re-
spectively, with the gyro signals about both the pitch
and yaw axes, and the corrective torques are applied.
The orientation of the spacecraft is such that the —Z axis
(roll axis) is pointed directly toward or normal to the Sun.

The phase plane trajectories for both the upper and
lower switching lines are shown in Fig. 9. The on time,
as mentioned earlier, is computed from the following
equation:

ton = —o- (43)

where
6, = initial rate at switching line
§ = instantaneous rate

§ = a = spacecraft acceleration (0.6 mrad /sec)

The equation of the trajectory (zero initial conditions)
is given by Eq. (20) as

0 = 0.835(6)?

TRAJECTORY FROM THE
/ UPPER SWITCHING LINE
| RIS
TRAJECTORY FROM

THE LOWER
SWITCHING LINE

6, mrad /sec
n

RATE
DEADBAND 0.88 mrod/s::c

- —al
i
POSITION DEADBAND 2.8 mrad

=2

-3

-40 -30 -20 =10) o] 10 20 30 40

8, mrad

Fig. 9. Pitch and yaw acquisition transients obtained
from the upper and lower switching lines
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The on time is determined by substituting the values
obtained from Fig. 9 into Eq. (43). From Fig. 9,

0, = 6.39 mrad/sec
6, = —2.56 mrad/sec

0, = —1.3 mrad/sec

and therefore

8t 6 | 6,48,
=

Thus,
t.n = 17.0 sec (44)

2. Earth Acquisition

To complete the three-axis attitude stabilization, the
roll axis must be controlled. As mentioned in Section II-A,
above, the Earth sensor is mounted on the same hinged
arm that supports the antenna and is, in fact, fixed to
the vehicle with respect to motions about the roll axis.
The arm supporting the Earth sensor is erected from its
nested position to a preset angle with respect to the
vehicle’s roll axis during the Sun acquisition, as shown
in Fig. 10. This hinge angle is physically set by the choice
of a position on an eight-tapped voltage divider which
is commanded to one of eight antenna angles. These
angles, together with the other possible fixed hinge angles,

EARTH SENSOR

SUN SHIELD
- -+ Y
HINGE
”
S | ANTENNA HINGE
* ANGLE

Fig. 10. Spacecraft antenna hinge angle

10

Table 3. Antenna angles

Angle (deg) Comments

0 Nested—Launch only

45 Eight preset angles; after the last position, the cycle
135 is repeated.

122
109
97
84
71
58

180 Exit—Midcourse only

are listed in Table 3 for a third-quarter of the Moon
launch.

If for some reason the angle must be changed, a hinge
override, RTC-2 (Real Time Command No. 2), or a CC&S
(Central Computer and Sequencer) command for a roll
maneuver is executed, and the tap on the voltage divider
advances one step. This preset angle is chosen so that
the Earth illuminance falls within the field of view of the
Earth sensor when the spacecraft is commanded to turn
about the roll axis to acquire the Earth. If the launch is
attempted during the first quarter of the Moon, the cir-
cuit is wired so that the preset angle increment is increas-
ing or opposite to the sequence given in Table 3. The
field of view of the Earth sensor is 20 deg in hinge and
10 deg in roll. When the Earth is initially acquired, the
error signal from the Earth sensor is used to control both
the rotation of the antenna hinge servo and the space-
craft’s roll axis until the vehicle is in such a position that
the directional antenna is pointed directly toward the
Earth, as shown in Fig. 11.

When the Earth acquisition command is given, the
roll search generator is switched into the roll channel
(which up to that moment has been under pure rate
control). The roll search rate is § = —3.78 mrad/sec and
provides for a maximum roll search duration of approxi-
mately 30 min. This allows for a complete rotation of the
vehicle and is sufficient to acquire the Earth. A block dia-
gram of the Earth acquisition phase is shown in Fig. 12.
The phase plane description of this particular acquisi-
tion is shown as a sequence of events, Fig. 13. Prior to
the command, the roll rate is constant as shown in Fig. 13
(Part A). Figure 13 (Part B) depicts the switching line,
biased by the generator providing the search rate. The
vehicle follows a parabolic trajectory that will intersect
this switching line. When the Earth sensor detects the
light of the Earth, the light-intensity signal actuates an
Earth acquisition relay. This relay switches-out the roll
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EARTH SENSOR HINGE

FIELD OF VIEW 20 deg

ROLL FIELD OF

VIEW 10 deg

SEARCH
RATE
GENERATOR

Fig. 11. Earth acquisition
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[
l
1
|

| L “H[JETS

GYRO

KGA

EARTH SENSOR

Fig. 12

Ke

. Block diagram of the Earth
acquire mode

search, switches-in the Earth sensor roll-position signal,
and switches the hinge control from the preset angle to
the hinge output of the Earth sensor. Thus, the preset
angle, determined by the voltage divider, and the roll
search are disconnected, and the Earth sensor assumes
control of the roll and hinge orientation. The acquisition
relay also switches-out the secondary Sun sensors.

The action of the hinge override is used primarily prior
to launch to select the hinge orientation angle,but if the
Earth sensor acquires on the Moon instead of the Earth,
as is possible for some trajectories, a roll override (RTC-1)
breaks the acquisition of the system about the Moon, and
puts the spacecraft back into a roll search. This is accom-
plished by transferring this relay to the unacquired posi-
tion and re-initiating roll search until the Earth sensor

11
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(a) PHASE PLANE-RATE SWITCHING ONLY, PRIOR TO ACQUISITION
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EARTH GATE (ROLL FIELD OF VIEW)

SWITCHING LINE CHARACTERISTICS FOLLOWING
ROLL SEARCH...EARTH SENSOR PROVIDES THE
POSITION SIGNAL, THE GYRO PROVIDES THE
RATE SIGNAL

SWITCHING LINE CHARACTERISTICS

DURING THE ROLL SEARCZ

EARTH SENSOR GATE ———»

-0.8 1 | 1 1
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Fig. 13. Phase plane of the Earth acquire (general)

again detects light. The spacecraft then goes through a
second acquisition.

Part C of Fig. 13 shows the addition of the switching
lines characteristic of the rate and position-controlled
roll axis. Acquisition proceeds as in the pitch and yaw
modes. The equations which describe this dual control

12

are identical to those described in the pitch and yaw
analyses, Eq. (14) through (19). However, the magnitude
of the roll scale factor is a function of the distance from
the Earth. It is important to note that the scale factor
is low when the sensor is close to the Earth, as is the
case during the initial Earth acquisition; therefore,
the switching lines are shallow. However, during the re-
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acquisition following the midcourse maneuver, the switch-
ing lines are steeper due to the change in the Earth
sensor roll scale factor. Another important point is that
the roll deadband is actually electrical and is only physi-
cal at terminal maneuver ranges. The nominal value of
roll deadband is used in this analysis. Since the Earth
cannot be treated as a point source of light during the

" initial acquisition, compensation is added in terms of

adjusting the measured roll position as a function of the
distance and Earth-probe-Sun angle, as shown in Fig. 14.

* This figure was taken from results obtained from an Earth

sensor computer simulation which was run for various
altitudes and Earth-probe-Sun angles. The phase-plane

diagram of the roll acquisition is based on the nominal
parameters given in Table 4, and also the phase-plane

rate characteristics given below.

Nominal acquisition rate:

§ = -+3.22 mrad/sec (45)

Rate deadzone:
855 = +0.919 mrad /sec (46)

Maximum acquisition rate:

Omaz = *=4.14 mrad /sec (47)

Minimum acquisition rate:

Omin = *=2.3 mrad/sec (48)

28 T Ty T T T
HINGE ANGLE =180 deg—E.PS. & I

ACTUAL 85
24 ROLL SCALE FACTOR =

MEASURED 65
: \ s |

\‘/——E.P.S. X =40deg

X =
/—E.P.S. 60 deg

12 EPS. < =90deg
| i

RANGER & DISTANCE FROM
EARTH AT EARTH'S ACQUISITION

ROLL SCALE FACTOR

4

4

|

g

0 80,000 160,000 240,000 320,000
DISTANCE FROM EARTH'S SURFACE, km

Fig. 14. Earth sensor roll-scale factor vs distance as a
function of Earth-probe-Sun angle

Table 4. Roll attitude control parameters,
Earth acquisition

Parameter Description Nominal
Ke Earth sensor scale factor 8.0 v/deg =10%
TG Rate to position gain 5.45 sec £10%
bg, Earth sensor saturation 17.5 mrad =10%
6pr Roll deadband 5.0 mrad £5%

Figure 14 shows the typical trajectory that would be
generated in the Earth acquire mode. The on time is ap-
proximated since the trajectory joggles down the switch-
ing line. To take this effect into account, the on time for
the ideal system, t,, = 0/a, is adjusted to account for the
nonlinear effects, i.e., minimum on time, by including
a 50% margin. Therefore, for an acceleration constant of
o = 0.6 mrad/sec?,

ton =11.0 sec (49)

3. Acquisition Phase—Gas Requirements

The acquisition transients are determined by assuming
a pulsing hysteresis system (thought to be conservative).
The on time for the pitch, yaw, and roll modes is meas-
ured from Fig. 9 and 15 and is given in Eq. (44) and
(49), where

ton = 17 sec (pitch)
ton = 17 sec (yaw) (50)
ton = 11 sec (roll)

The gas consumed is determined from Eq. (26) for

I,, = 45 sec (51)
Therefore,
W = 0.86 X 10-21b (pitch) (52)
W = 140 X 10-21b (yaw) (53)
W = 0.40 X 10-21b (roll) (54)

and the total gas consumed eliminating the acquisition
transients is

W =532 % 1021b (55)

E. Cruise Phase

Following acquisition of the Sun and Earth, the Ranger
spacecraft is in what is termed the cruise portion of the
mission. The cruise phase is characterized by low ampli-
tude limit cycling of the spacecraft about the established

i3
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Fig. 15. Roll acquisition

reference trajectory. The Block III effort uses two types
of rate control during the cruise as shown in the block
diagrams of Fig. 16.

Ranger 6 and 7 use gyros to measure and feed back
the rate information. The Ranger 8 and 9 attitude control
systems use “derived-rate” compensation in the switching
amplifier to sense and feed back the effective rate of the
vehicle. Both systems use position-error signal informa-
tion obtained from the Sun and Earth attitude sensors.

During the cruise phase, which lasts for over 60 hrs
of the 68-hr flight, the gas jets operate to provide for the
stable limit cycle about all of the axes. During this phase
of the mission, the amount of gas consumed throughout
the control portion is of grave importance. The success
of the mission is dependent upon proper orientation of
the vehicle for its mission goal of taking TV pictures
of the lunar surface.

1. Cruise Phase Attitude Control Requirements and Con-
straints

The orientation of the spacecraft during the cruise
mode of operation must be such that the vehicle power

14

most efficient manner. To do so, the following conditions
must be met:

1. An establishment of the reference directions toward
the Earth and Sun to an accuracy of =+17.0 mrad.

2. A limit cycle size in pitch and yaw of =+2.8 mrad
in position; and for roll, ==5.0 mrad in position.

3. A re-establishment of the spacecraft directions fol-
lowing a noncatastrophic disturbance of the normal
spacecraft orientation.

4. A lifetime extending a minimum of 68 hrs from
launch.

2. Derived Rate Compensation

The derived rate switching amplifier is incorporated

into the Ranger 8 and 9 cruise control system in order

to improve the reliability of the system. The gyro is
switched out during the cruise phase and the derived
rate compensation, as shown in Fig. 16—Part (b),
is fed back around the switching amplifier to stabilize
the loop. The action of the circuitry is such that when the
Sun sensor output reaches the deadband level of the
switching amplifier, it is turned on for a 20-msec mini-
mum on time. At this instant, the derived-rate capacitor
voltage builds up as a ramp function. At the end of the
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Fig. 17. Jet valve thrust vs time

20 msec, the voltage is large enough to turn the amplifier
off and keep it turned off. During the 20-msec period, an
impulse is imparted to the vehicle equivalent to 30 msec
of gas jet actuation; this 30 msec corresponds to a change
in spacecraft rate in the order of 12 to 24 prad/sec and is
due to a delay associated with the jet valves. Figure 17
shows a plot of the jet-valve thrust vs time.

The thrust is zero until after the 10-msec period when
the electrical signal is turned on. This is the time it takes
to establish the current in the inductive coil of the valve.
The poppet begins to move and the valve opens; then
the thrust builds up toward its steady-state value. By that
time, the electrical input is off, but there is again a delay
due to the inductance of the valve and the inertia of the
poppet. The valve then begins to close. Hence, the thrust
is constant until that time. After the valve closes, there is
gas stored in the nozzle, on the output side of the valve.
This tail-off process delivers a residual amount of mo-
mentum to the spacecraft. Therefore, the equivalent
thrusting time is approximately 30 msec, i.e., for a 20-msec
actuation time. For example, the desired rate increment
is A0 =18 +6 prad/sec; if § = =9 prad/sec, the tra-
jectory hardly moves away from the switching line. There
is no reason why the switching amplifier should not turn
on again, except that we are now biased off to an equiva-
lent position corresponding to something less than the
switching amplifier deadband; this is the derived rate
increment as shown in Fig. 18.

Now the system is designed so that there is enough
gain in the passive feedback loop, such that the bias
voltage is in a direction greater than the noise. Hence,
a single pulse gives enough voltage on the capacitor so
that the noise in the system will not turn the gas jets on
for a second time. This is a very important consideration
in setting up the derived rate system because the double-
pulsing doubles the velocity increment. As we double

o
@

—»|

DERIVED RATE
INCREMENT
DURATION

SPACECRAFT VOLTAGE ERROR SIGNAL
o

|
<
@

7/2 7
TIME

Fig. 18. Derived rate effect on the voltage error signal

the velocity increment, the gas consumption increases
by a factor of four, and the gas supply is rapidly de-
pleted. Since the spacecraft changes position slowly and
since both the Sun sensor voltage starts decreasing
and the capacitor voltage comes down exponentially, the
resultant voltage at the input to the amplifier might decay
such that the switching amplifier could turn on again.
If the derived-rate time constant is too short and the
voltage leaks off too fast, this situation corresponds to
the voltage signal returning to the switching line which
then is turned on again based upon the sum of the asso-
ciated characteristic signals.

3. Derived Rate Parameters

The derived rate parameters for the Ranger pitch, yaw,
and roll cruise-attitude control system are chosen as a
function of their relationship with the various spacecraft
parameters. The primary criterion for their selection is
based upon the effect of noise coupling into the switching
amplifier. This is due to the fact that a possible noise
pulse could cause a double pulse from the switching
amplifier, thereby doubling the limit cycle-rate increment.

A block diagram of the switching amplifier with de-
rived rate is shown in Fig. 19.

£y
Ks
g tpg £y
G i I i
ED Kp
TcS"f‘l

Fig. 19. Derived rate amplifier block diagram
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Two problems are emphasized in the following analy-
sis: (1) prevent the noise from turning on the jets after
the minimum on time pulse, and (2) prevent the decaying
derived-rate signal from turning on the jets before the
position error is reduced sufficiently. Thus, the solution
for establishing a criterion for limit-cycle operation dur-
ing the cruise is based on the analysis of the above stated
problems.

a. Pitch and yaw cruise constraints. Assuming that the
initial conditions are zero, the output of the feedback
network shown in Fig. 19 is given as

ED = —KDEA (1 - eiAt/T‘) (56)
where
At = minimum on time
7. = charge time constant
If the on time is much smaller that the time constant

(At < < 7.), then the exponential may be expanded and
approximated by neglecting the higher order terms,

At At? At?
— pAt/Te — S e A S
LS = Tc o 722! i 733! *

At

~— (57)
Te

The magnitude of the output, E,, is then given by
At
IED| - KDEA? (58)

and if E, > Ey, where Ey is the noise into the switching
amplifier, then

E
KDEA > 'A_;’ Te (59)

Hence, Eq. (59) is the criterion desired in order to
insure that the noise signal will not turn the jets on after
the minimum on time pulse is off.

To cope with the second problem, the following analy-
sis is made. During the decay,

Ep = Epe-/™ (60)

where

Ej,, = initial conditions remaining from the charge-up

mp = discharge time constant

16

From Eq. (58),
EDi — KDEAé_t (61)

and substituting Eq. (61) into (60),

At
ED = KDEA — et/ (62)

Te

Now in order to find the maximum magnitude of E,,
the derivative gives

dE, KpE.At
= — 0t/
' dt TcTD & (63)
and as time goes to zero
dED o KDEAAt
‘ dt maz o TCTD (64)

Equation (64) is related to the Sun sensor input by the
following expression,

where
s = saturated Sun sensor output
and
Es = Kb, (66)
where

K¢ = Sun sensor scale factor
él = limit cycle rate
Now by equating Eq. (64) and (66), we obtain the in-

equality

K,
KDEA < % TcTD (67)

Based upon the derived rate mechanization

TD — 2TC (68)
so that
K
K,E, <2 AS tl 8 (69)
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Table 5. Pitch and yaw system parameters

Parameter Value Comment

Ks 18.5 v/deg =10% | scale factor through null

At 20 msec electrical on time

At 33 msec effective multiply by the steady-state
acceleration constant « for true
limit-cycle rate

Ey =30 my noise input

a 0.25-0.6 mrad/sec’ control system must have the capa-
bility for control with a/2

6op 2.5 mrad pitch and yaw deadband

Eg 16.8 v Sun sensor saturation

Finally, the range of values that may be chosen for the
derived rate amplifier in pitch and yaw is given by

Ey Kb
T;TC<KDEA<2 ;t‘ .

& (70)

A numerical solution of Eq. (59) and (69) is based upon
the parameters in Table 5.

Hence, by substituting the minimum on time of 20 msec
into Eq. (59), we get

KDEA > 1.5 To (V) (71)
> 1.455 7, (mrad)

Equation (71) is plotted in Fig. 20 as KpE, vs ¢. The
noise input has a range Ey =30 mv.

Similarly, Eq. (69) is plotted by first substituting the
limit cycle rate by

6, = 1/2aA¥ (72)
so that
KsaAt
KyE, < _Szt_— 74 (73)

and then studying the extreme cases based upon the

. acceleration constants of 0.25 and 0.60 mrad/sec?. These

two cases yield

KDEA < 0425 T(2,' (V)
< 0.413 7 (mrad)

(worst case) (74)

and

KpE4s < 1.027%(v)  (Dbest case) (75)

< 1.05 7% (mrad)

200 T [
@ = 0.25 mrad/sec?
180 I
160
Ep=30mrad o
a=0.25 mrad/sec

11
1L
1l o
E e

KDEA' mrad

®
)
N

20
/
0
0 10 20 30 40 50 60 70

Te, Sec

Fig. 20. Derived rate parameters, pitch and yaw

Plotting K,E4 vs 7 in Fig. 20 provides the region of
acceptable derived-rate parameters.

b. Roll constraints. The computation of the range of
parameter values acceptable for the roll cruise-attitude
control is similar in method to that just developed for
pitch and yaw. However, the addition of the effect of
the Earth-probe-Sun angle g8, as shown in Fig. 21, pro-
vides the only difference in the ensuing solution.

Ey

KesinB

TcS+41

Fig. 21. Roll cruise-system block diagram
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Thus, Eq. (59) and (69) are rewritten simply as

E.
KpE > A*: T (76)
and
K sin 86
Kom - pe (77)
At
where

Ky = Earth sensor scale factor 0.229 v/mrad minimum
B = Earth-probe-Sun angle, 45-deg minimum

Again the numerical solutions are determined by use
of the parameters in Table 5 and those given below.

Equation (76) yields
K,E, > 13.1 7. mrad (78)

for Ey=60 mrad and substitution into Eq. (77) gives
the inequality

KDEA < 0.146 TCTD mrad (79)

assuming that

sin Bél = 2.92 urad/sec

a = 0.25 mrad /sec?
The results are plotted in Fig. 22 for various values of 7.

c. Switching amplifier parameters. The choice of
switching amplifier parameters is based upon the selec-
tion of K,E, from the graphs in Fig. 20 and 22. However,
the relationship between the switching amplifier com-
ponents and this gain selected from the charts must
be specified in order to describe fully the derived rate
parameters. The switching amplifier is shown in Fig. 23.

The output of the amplifier is given as

E, =Ki0ps (80)
where
Ky
K, = T{: Ry

and Ry is equivalent transresistance of amplifier
K = sensor gain (v/mrad)

Rs = input resistance (ohm)
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Fig. 22. Derived rate, roll

Fig. 23. Switching amplifier network

The time constant of the feedback loop is given by

: 1
To = 1 1 C (81)

® R
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| where

Rl = Rg
so that the charge time constant is

R.C
0="—5 (82)

Now the discharge time constant as given by Eq. (68) is

mp = R,C (83)
Finally, if

EA EA v

KoEs = R, + R, - 2R, ohm

(84)

then by multiplying by 1/K, and converting Eq. (84)
to mrad

RsE,
R, Ky

1
KyE, = ) (85)

Therefore, the choice of KyE, allows the analyst to
pick the appropriate design values for the derived rate-
switching amplifier components.

Typically, the Ranger derived-rate network might be
based upon the following set of parameters:

Pitch and yaw:

Toi= 27 sec

| p = 54 sec (86)
| K, = 80
| Ey = 30mv
Roll:
7o = 27 sec
mp = 54 sec
[ K, = 360
| e D (87)
} Bmin = 45 deg

a = 0.25 mrad/sec®

4. Cruise Gas Requirements

The gas jet system is discussed in detail in Appendix G.
The design criteria for the gas system fuel supply were
based in part on a conservative estimate of the cruise-
phase limit-cycle fuel consumption in which the on-off
attitude control system was treated as an uncoupled sys-
tem with worst case initial conditions. The limit-cycle!fre-
quency and fuel consumption may be calculated inde-
pendently for each control channel and the results
combined to yield an over-all gas consumption for the
cruise phase. A typical plot of the ideal limit cycle is
shown in Fig. 24. The time between gas jet firing is found
from knowledge of the rate deadband; therefore,

L

sty =2 (58)
_ 20w
A G i

where

0pp = % the deadband in deg

Af = velocity increment caused by the jet firing for a
minimum on time At

a. Effect of external disturbances. The effect of external
torques such as those created by solar pressures are in-
vestigated next. It is assumed that the solar torques are
large enough to prevent the spacecraft from hitting both
sides of the deadband. In order to maintain the pointing
error within the deadband, the total torque impulse pro-
vided by the gas expulsion must equal the total solar
torque impulse; the average velocity will therefore be
zero.

[ 903
z
w
=
w
o
<
=1
a
7] o
o
14
<
=]
=)
IT)
2
~8ps

Fig. 24. Cruise attitude-control limit cycle
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The expression for the conservation of momentum is
given by

tebe — Tsts = Iw =0 (90)
where
7. = control torque due to jets
t. = duration of control torque
s = solar torque

t; = duration of solar torque

and rewriting gives

1, = T— ts (91)
Now, if
te = ton
ts =1In
where
t,n = gas system on time
t,, = mission time
therefore,

tan = E tm (92)

Te

Now, we also know that the response of the spacecraft
to the control torque is

T = Ia (93)
and the weight of gas is

la

W = I_qu tan

(94)
By substituting Eq. (93) into (92), and Eq. (92) into (94),
then

Ts
W = <T;E> b (95)

Hence, this is the general expression for gas consump-
tion under influence of solar torque. The equation is true
about each of the axes.

The solar torque, which causes the spacecraft trajectory
to actuate the gas jets on one side of the deadband and to
just touch the other side of the deadband, can be deter-
mined with the use of Fig. 25.
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Fig. 25. Solar torque effects on the limit cycle

Since
0 = ast, + 6, (96)
then
st5 .
0 = ‘1’2 et aots =t 00 (97)
where

a; = solar torque acceleration constant

The marginal solar torque is determined by first relat-
ing the deadband to the rate increment and solar accel-
eration constant.

Thus, from Fig. 25, in the region ¢, — t,, or t = /2,
the acceleration constant due to solar pressure is positive

and conditions are § = 000, = Aé/?., 8, = +0p,5 hence,

. asts Ab
i=t0i= —2— S o (98)

The position at t,/2 is § = —fpp, soO

QtR
—0ps = % + 0+ 0ps (99)'

Equating (98) and (99) and eliminating ¢,

_ 1 (ad)
LIS

(100)

Qg
The controlled portion of the limit cycle is given by

AG = aAt, (101)

where

a, = acceleration due to gas-jet torque
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Substituting into Eq. (100) and writing in terms of a;,

|2t 2
T (01)3) (102)

Finally since

s = las (103)
then, substituting Eq. (102) into (103) yields

2 N, Ta2At?
T'm 160 5

(104)

Therefore, for the marginal case when the torque dis-
turbance is greater than Eq. (104) or is just sufficient to
cause the gas jets to fire, Eq. (95) provides the expression
for determining the gas consumed.

The relationship of the gas consumed, due to solar
torquing and that from the ideal limit cycle, is given
below. The frequency of the limit cycle (Fig. 26) is

f= Z—L:Tto,, (105)
where

f = frequency

t. = control time

t(,// = OE time
The number of cycles is given by

— ftm (106)
where

t,, = mission time

TorF

W'y -

1 o8

—

tow

L r

%

K SWITCHINGS LINES /ﬂ

Fig. 26. Limit cycle

Therefore, the total time is

ton — 201, (107)
where

ton = gas jet on time

Substituting Eq. (105) and (106) into (107),
t —tht—z[—l—]tt
on mbc 2t‘ + 2tOlj mbc

Te
ton = m tm

to//' >> 1.

(108)

assuming

Therefore, the on time as a function of the control time,
off time, and mission time for any torque greater than
the marginal torque is

e
ton = <—> tm (109)
Lory

where
ta — AL (110)
and
tor = ii“g = % (111)
so that
tM:<At>m
o
Al
or
bow — (%gi;) O (112)

This then is the gas jet on time for the case when both
sides of the deadband are touched. Now Eq. (92) is sub-
stituted into (95) yielding

Te
W = ( i L> ton (113)

The on time, Eq. (112), is substituted into (113), and then

Af At
W = Te e tm
Il ( 40,,,;)
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which can be rewritten by substituting Eq. (101) for Af,
so then

- Ia2At2t,,

" 4l,L8ps

The above equation expresses the amount of gas con-
sumed due to an ideal limit cycle. A graph, showing
the relationship between the gas consumed relative to the
ideal limit cycle consumption vs the ratio of unbalance
to marginal torque, is drawn in Fig. 27.

(114)

The ratio of solar-torque gas consumption to the ideal
limit cycle consumption is

w !
7 (115)
when torque unbalance equals marginal torque.

The analysis in this section provides the insight desired
to enable one to determine the amount of gas required
during the cruise phase. A safety factor of 1.5 times the
nominal limit cycle consumption was chosen. Therefore,
from Fig. 27 and

W =15W, (116)

the ratio of the unbalance to marginal torque is

0<— =60 (117)

Tm

In the region r > 61, the gas consumption increases as

the ratio
w 166
Sk e
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Fig. 27. Normalized gas consumption vs the ratio
of unbalance to marginal torque

b. Cruise gas requirement summary. The cruise gas
requirements are now computed based on the parameters
given in Table 6. Some sample computations are given
as follows:

Gas consumption (pitch—continuous I,,):

- Toa2At?

(92 ft-Ib-sec?) (60 X 10-°rad/sec)*
"~ 4(70sec) (2.42 ft) (2.8 X 10-*rad)

(2.4 X 10-° sec)

W, = 0.04181b

W = 1.5W, = 0.0631b (119)

Table 6. Summary of some important cruise parameters

Parameter Symbol Units Pitch Yaw Roli

Moment of inertia I slug-ft* 92 113 60
Effective moment arm L ft 2.42 1.83 2:19,
Angular acceleration constant a mrad/sec’ 0.6 0.6 0.6
Gas specific impulse lsp sec

continuous I 70 70 70

pulsing Ip 45 45 45

derived rate In 35 35 35
Limit cycle position deadband Opp mrad +=2.8 2.8 =50
Limit cycle velocity increment A6 urad/sec

nominal 60 =30 60 =30 60 +30

derived rate 18 =6 18 6 18 =6
Total mission time tm sec 2.4 X 10° 2.4 X 10° 2.4 X 10°
Agena B separation rates 6 mrad/sec 52.4 52.4 52.4
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Flow rate:

where

_ (a8?)

on — 4(1003 tm

(60 X 10-¢rad/sec)? (2.4 X 105 sec)
"~ 4(0.6 X 10-*rad/sec?) (2.8 X 10- rad)

tn = 1285isee (120)
Therefore,
. 0.04181b
' 1285 sec
W, = 3.26 X 10 (Ib/sec) (121)

Marginal torque:

(92 ft-]b-sec?) (60 X 10-°rad/sec?)*
¥ 16 (2.8 X 10-* rad)

X (1.36 X 107 dyne-cm?/ft-1b)

F. Summary of Sub-system Constraints on the
Atfitude Confrol Sysfem

Up until now, we have approached the problems asso-
ciated with the attitude control system from the systems
viewpoint; however, it is very important to understand
how the constraints imposed upon the sub-systems, in
turn, create constraints on the attitude control system.
The attitude control sub-systems are integrated into the
spacecraft body, as shown in Fig. 28. This section will
review the sub-system constraints; a more detailed dis-
cussion will be covered in the appendices.

1. Sun Sensor

The Sun sensors field of view is completely unob-
structed. A single, stable null exists in the pitch and yaw
channels in order to point the roll axis at the Sun. There
are two types of Sun sensors to provide the 360-deg field
of view about the pitch and yaw axes. The primary Sun
sensors detect the Sun within a nominal range of 45 deg
of the roll axis. The secondary Sun sensors provide for
the additional field of view, in particular for the Sun
acquisition phase. The additional Sun sensor character-
istics are:

Scale factor: —18.5 v/deg

Saturation level: +17.5 mrad +=7%

= 100 dyne-cm (122)
Null offset (mechanical 2.7 mrad (30)
Table 7 summarizes the data, below. and electrical):
Table 7. Cruise gas consumption requirements
. . Total Gas
Parameters Symbol Units Pitch Yaw Roll Cansumption
Geas weight consumption Wi Ib
continuous We 0.0418 0.068 0.0169
Gas flow rate W/ Ib/sec )
continuous Wi, 3.26 X 107" 5.3 X 107 2.35 X 107
pulsing Wi, 5.00 X 107" 8.2 X 107 3.64 X 107
derived rate Wor 6.50 X 107" 1.0 X107 47 X 10™*
Gas weight consumption Ib
(with 1.5 safety factor)
nominal (§ = 60 urad/sec) w 0.063 0.102 0.025 0.189
worst case (6§ = 90 urad/sec) w 0.152 0.230 0.052 0.434
derived rate w 0.03
Marginal torque T dyne-cm
nominal 100 123 36.5
worst case 225 276 82.1
derived rate 37 46 12.0
Jet on time ton sec 128.5 128.5 71.8
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2. Earth Sensor

The Earth sensor provides signals to both the roll con-
trol and hinge servo. The Earth sensor characteristics
are given below:

Field of view in roll: +5 deg

Field of view in hinge: +10 deg
Scale factor in roll: —8v/deg
Scale factor in hinge: 2 v/deg

Null offset (mechanical and 9.73 mrad (30)

electrical):

The sensor saturation level was chosen so that the roll
rate in the saturated region of the sensor is close to the
roll search rate. Trade-offs were made between the dead-
band and search rate so as to arrive at a compromise
value for each. The gyro mix ratio (rate-to-position gain)
was determined by the choice of the maximum acquisi-
tion rate that could be tolerated. Tolerances were added
in a worst case manner, and then the parameters were
selected such that acquisition was still possible. The
parameters are given below:

Earth sensor saturation: 17.5 mrad
0.6 mrad/sec®
5.45 sec =10%

—3.78 mrad /sec

Control acceleration:
Rate to position gain:
Roll search rate:

Switching amplifier deadband: ~ +5.0 mrad

3. Gyroscopes

Three, single, degree-of-freedom integrating rate gyros
are body-fixed about the three mutually perpendicular
axes. The gyros have the capability of sensing rate (as
will be discussed in Section III-C(1), as well as position
displacements. The gyros operate in several different

- phases of the mission as follows:

1. Rate reduction about all axes.
2. Initial acquisition.

Cruise (Ranger 6 and 7 only).
Midcourse.

Re-acquisition.

Roll override.

N ke

Terminal.

The gyro saturation range is 1500-2000 deg /hr.

a. Pitch and yaw modes. The chief constraint on choos-
ing the gyro rate to position gain is the saturation level
of the gyro rate measurement. When the Sun’s light level
saturates the sensor, the spacecraft turning-rate will sta-
bilize to a constant rate, determined primarily by the
saturation level of the sensor and the rate to position gain
. Tolerances are applied to the parameters in a manner
that will provide an absolute worst case condition; the
gyro mix ratio is determined to be that value that pro-
vides the greatest rate without saturating the gyros. For
the pitch and yaw modes, the rate to position gain is
7o = 3.2 sec.

b. Roll mode. By the identical type of reasoning as
given above, the roll rate to position gain is given as

o = 5.45 sec.

4. Gas System

The amount of gas stored onboard the spacecraft is
chosen by the study of the worst case gas requirements
expected during the entire mission. Analytical techniques
were used to arrive at the figure of W = 4.18 Ib. A sum-
mary of the gas consumed during the mission is given in

Appendix G.

a. Pitch, yaw, and roll control-torque acceleration. The
control-torque acceleration that was selected was deter-
mined for cruise primarily by the minimum impulse
capability of the gas valves, in order to minimize gas con-
sumption during the cruise limit-cycle operation. The
second constraint on the acceleration constant is the com-
manded turn sequence which has a minimum acceleration
to prevent gyro saturation. The acceleration constant is
given as a = 0.6 mrad/sec®.

5. Switching Amplifier

The size of the switching amplifier deadband was
found to be noncritical. This is due to a pointing accuracy
requirement of 1 deg for the pitch and yaw axes, and also
due to a small-sensor null offset. The pitch and yaw dead-
band is 6,; = 2.5 mrad.

a. Pitch and yaw derived-rate parameters. The param-
eters of the derived-rate amplifiers used on Ranger 8 and
9 are chosen based upon the following criteria:

1. The ability to reacquire from a small disturbance
must be significant; e.g., a disturbance not large
enough to activate the gyros for automatic acquisi-
tion.

25




JPL TECHNICAL REPORT NO. 32-663

2. The derived-rate signal must be large enough that a
noise pulse will not cause an extra rate increment in
the limit cycle.

3. The rate of decay of the derived-rate signal must be
long enough that a noise pulse will not cause an
extra rate increment until the position signal is far
enough inside the switching deadband to prevent it.

The following derived-rate parameters were chosen for
pitch and yaw:

Derived-rate gain: K, = 80 mrad

Derived-rate time constant: e = 27 sec

b. Roll derived-rate parameters. These parameters are
picked in the same manner as those in Section II-F-5(a);
however, the discussion in Section II-E-3(b) points out
that the effect of the Earth-probe-Sun angle must be taken
into account as well as the different level of noise. The
parameters are:

Derived-rate gain: K, = 360 mrad

Derived-rate time constant: ¢ = 27 sec

26

6. Hinge Servo

The criteria used to determine the hinge servo param-
eters were:

1. Under the worst case tolerances, the Earth sensor
must be capable of supplying a sufficient error signal
to operate the hinge-actuator amplifier.

~

2. Under the worst case tolerance situation, the total
overshoot from the maximum slewing rate, including
the effects of the filter time constants in the Earth
sensor, must not cause the minimum hinge-actuator
amplifier dead zone to be entirely consumed and the
antenna to reverse direction.

3. At the minimum slewing rate, the antenna must ar-
rive at the exit angle before motor ignition.

4. Earth acquisition by the use of overrides must be
a certainty in all geometry situations. For example:

Hinge Servo:

d
Hinge servo slewing rate: (.4 (g) minimum

Hinge servo backlash: 1.5 deg maximum

Antenna exit angle: 180 deg

5. Capability of tracking the Earth continuously during
terminal maneuver must be maintained.
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lll. TRAJECTORY CORRECTIONS

A. Discussion

A midcourse trajectory correction is performed early in
the flight to reduce errors introduced by the injection
guidance system. This correction is accomplished by
means of a small monopropellant motor mounted parallel
to the Z-axis of the spacecraft. The attitude control sys-
tem is required to reorient the spacecraft so that the
propulsion unit is aligned with the direction of the re-
quired velocity increment.

B. Trajectory Correction Requirements and
Constraints

The necessity to perform a midcourse maneuver im-
poses the following requirements and constraints on the
attitude control system.

1. Performance requirements are:

a. Thrust vector pointing error = 34.68 mrad (3¢)

b. Proportional shutoff error = 12.45 X 103 v

c. Velocity resolution errors = 0.00525 mrad/sec

2. During midcourse correction, the high-gain antenna
must be positioned as far as possible away from the
rocket exhaust (the antenna is initially stowed be-
neath the rocket-motor exhaust path) in order to
avoid obstructing the correction rocket exhaust. At
this time, communications are carried via the omni-
antenna.

3. The spacecraft shall be capable of achieving a com-
manded velocity increment at midcourse (for an
810-1b spacecraft) of up to 190 ft/sec. No velocity
increment shall be commanded which requires a
midcourse motor burn of less than one second.

4. The attitude control system must meet the above
requirements when the illuminated Earth as seen
from the spacecraft is bounded within the angular
range, 43.5 through 137 deg relative to the probe-

Sun line. This corresponds to an EPS angle of 46
through 135 deg at a range from Earth of 150,000 km.

If an early midcourse maneuver is deemed necessary
in order to reduce excessive injection errors, the follow-
ing system errors should be considered:

1. Light reflected from the spacecraft will produce a
roll position error.

2. The roll limit cycle position error is proportional
to cosecant 6, where 6, the antenna hinge angle, is
the supplement of the Sun-probe-center of illumina-
tion of Earth angle. This error is the dominant source
of midcourse system error and increases rapidly as
the EPS angle and/or range from the Earth are
reduced.

3. The roll-position gain of the Earth sensor decreases
with decreasing range from the Earth. This causes
a further increase of the roll limit cycle position
error.

Additional restraints imposed on the attitude control
system are due to the control of the center of gravity
(c.g.) during course correction, as follows:

1. The c.g. must lie within 0.25 in. of the predicted
position in the X-Y plane.

2. The line of action of the engine must pass within
3/16 in. of the predicted c.g. position in the X-Y
plane.

3. Products of inertia shall not exceed 10% of the mini-
mum moment of inertia.

C. Midcourse Maneuver

During the midcourse maneuver, a corrective velocity
increment is added to the spacecraft velocity vector in
order to eliminate or reduce the initial injection dispersion
error in the trajectory. In the first part of the maneuver,

27




‘ON 1LdO0d3d TVIDINHODAL 1dr

W
e
o)
)
@

EARTH
REACQUIRE SUN REACQUIRE MOTOR BURN

ANTENNA TO PITCH
PRE-SELECTED MANEUVER
HINGE ANGLE

ROLL
MANEUVER, CRUISE
ANTENNA AT
180 deg

Fig. 29. Midcourse maneuver sequence




!

JPL TECHNICAL REPORT NO. 32-663

the spacecraft is reoriented such that the direction of the
midcourse motor thrust will coincide with that of the com-
puted corrective velocity increment. In the second part,
the midcourse motor is activated for a specified duration
of time at which the required magnitude of the corrective
velocity is attained. The maneuver sequence is illustrated
in Fig. 29.

The midcourse autopilot controls the spacecraft atti-
tude during the latter part of the maneuver. The basic
operation of the autopilot is to stabilize the spacecraft
about its center of mass by means of jet vanes which are
placed downstream of the midcourse motor exhaust. The
attitude error is sensed by the gyros, and the gyro signals,
in turn, control the jet vanes. Thus, the autopilot corrects
the initial attitude error due to the deadband of the atti-
tude control system, and minimizes the effect of the
disturbance torques.

It is intended in this section to analyze the autopilot
stability characteristics and discuss the directional uncer-
tainty of the velocity correction due to the autopilot per-
formance. The block diagram of the attitude control
system during the midcourse maneuver is given in Fig. 30.

1. Commanded Turns

Prior to the midcourse maneuver, the spacecraft control
is a function of the error signals measured by the Sun and

8 6
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GYRO
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HINGE -
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GAIN |
EARTH ~ W
[—o
SENSOR

Fig. 30. Attitude control system, midcourse maneuver

Earth sensors and gyros. At the initiation of the first com-
manded turn in roll, a predetermined set of events takes
place within the attitude control system, as follows:

1. The Earth sensor is turned off.

2. The nozzle of the midcourse rocket motor points
down the +Z direction of the spacecraft. In order
to move the antenna away from the exhaust of the
rocket motor, it is oriented to the exit position of
180 deg, which is the full-out position. This is ac-
complished by a relay switching action.

3. Capacitors are switched into the feedback loop of
the roll gyro as shown in Fig. 31. The function of
these capacitors is to integrate the rate signal and
provide for the equivalent position signal.

TO SWITCHING T0
™ AMPLIFIER AUTOPILOT
REBALANCE
ELECTRONICS ’\
hY
€ Al
COMMANDED.
TURN NGt e i)
MODE T
w @ MODE
Llo|uy
2l€|3
Olo |5
a A DRIFT COMMAND
COMPENSATION | | CURRENT
SPIN MOTOR [T REGULATOR
PATTERN
FACTOR FIELD
CORRECTION REGULATOR

Fig. 31. Gyro commanded-turn configuration

4. A constant current is applied to the gyro torquer to
provide the proper magnitude and polarity of the
computed corrective turn. The input to the gyro is
open at this time. The vehicle rolls in response to
the torquer signal which activates the roll switching
amplifier and, in turn, provides the thrusting from
the gas jets. A block diagram of the attitude control
system during the roll turn is given in Fig. 32.

5. After the pre-computed turn duration, the constant
current input is switched out, and the normal gyro
input is switched-in to again provide rate and posi-
tion information, so as to reduce the transients about
the new roll position and maintain spacecraft sta-
bility. The determination of the turn is actually
made in the Central Computer and Sequencer
(CC&S), where turn angle is defined by the time over
which a turn-rate specified magnitude is applied.
Thus, a precision (+0.3% deviation from calibration)
turn-rate signal must be generated and applied to
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Fig. 32. Attitude-control system block diagram, roll turn

the inertial sensing system from within the attitude
control system. The established turn rate is 3.5
mrad/sec +5%.

Similarly, at the initiation of the pitch turn, the pitch
and yaw Sun sensors are switched out of the pitch and
yaw switching amplifier inputs and the capacitors are
switched into the pitch and yaw gyro loops providing for
the rate and position information. A constant current is
applied to the pitch gyro torquer for the proper magni-
tude and polarity of the computed turn. The pitch-turn
attitude-control block diagram is shown in Fig. 33. The
time constant for pitch, yaw, and roll modes during course
correction is 7¢ = 5.45 sec.

a. Commanded turns—gas requirements. The gas con-
sumed during the midcourse and terminal maneuvers is
computed, based upon an analog computer analysis. A
pulsing system is simulated (conservative estimate).

The results from the computer simulation are given in
Table 8 for both the full and half-gas system. The table
indicates results for a pitch, yaw, and roll turn. The gas
consumption is based on the on time of the jets. (A typical
analog record is shown in Fig. 36.)

The commanded turns consist of a roll and pitch ma-
neuver at midcourse and pitch-yaw-pitch maneuver in
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Fig. 33. Attitude-control system block diagram, pitch turn
the terminal mode. The total gas consumed is therefore
a function of the turns commanded so that:
Total Gas Consumed = gas consumed in pitch X 3
+ gas consumed in yaw X 1
+ gas consumed in roll X 1
Therefore, '
Full system: Wrp = 9.5X1021b
Half system: Wy = 12.2 X 1021b

Table 8. Commanded turns, gas on-time

System
Maneuver Full Half
fon w Fon w
(sec) (Ib) (sec) (Ib)
Pitch 35 1.78 X 107 90 2.28 X 107*
Yaw 35 2.88 X 107 90 3ZIG0
Roll 35 1.27 X 107 90 1.64 X 107
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In addition to using the analog computer to obtain the
gas jet on time, an analytical representation of the on
time is described by studying the gyro circuit. The gyro
control amplifier is connected to a passive network and to
the gyro torquer, as shown in Fig. 34. In the ensuing
analysis, it is assumed that the time constants of the gyro
capture loop are sufficiently small so that they can be

- neglected.

R, (5 7

Yout ~> /) v l Rr ‘cc

Fig. 34. Gyro network circuit analysis

The parameters are:

Vout = gyro amplifier output voltage (switching
amplifier input)

i, = current out of gyro amplifier

ir = gyro torquer current

i = command current (assumed constant)
C = angle storage capacitors
Rr = torque resistance

v, = torquer voltage

R, = pure resistance

The node equations are:

(Oous — 0;) = (i%) i (123)
Vi = Rdi; (124)

“The current is given by
ir =iy + e (125)

Substituting Eq. (124) and (125) into (123) and solving
Vout gives

__(RCs + 1\, b (R, + R;)Cs + 1\ ,
Vout = CS lee CS ir
(126)

Equations further defining the rate gyro are:

Be = focke (127)
and (neglecting any torquer time constants)

B, = irkr (128)

where

6. = command rate
6. = actual rate about input axis

k: = gyro torquer scale factor

Substituting Eq. (127) and (128) into (126) gives

Vout = —

R.Cs +1\ - (R R @s 1N
( sCk- ) dore ( sCk; >0a

(129)

Rewriting yields

0outCkr = — (R,Cs + 1) 8, + [(R, + R,) Cs + 1] 6,
(130)

Now we define
i R1C
Tl — (R1 + RT) C (131)

Therefore,
0outCkr = — (118 + 1) 0 + (7e8 + 1) 0,  (132)

The switching amplifier will switch when

UoutCk-r = '_’Igpg (133)

From the time ¢ = 0, until that time at which the error
into the switching amplifier turns off the jets, we see that

= (134)

and
fe = wd (135)

also
By =lok (136)

and
0o = 1/2at? (137)
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The first switch-off occurs at

1)outCk‘f - _01)3 (138)
Substituting Eq. (134) through (138) into (132) yields
—0pg = —71c — ot + Tgat + 1/2at> (139)
Rewriting in terms of time, we have
2 9
tg + T (-r(;a - (x)c) T + - (903 — T]a)(-) = O
o o
(140)

Equation (140) describes the time, t,, between t = 0
and the first turn-off of the jet valves during the com-
manded turn. The on time is therefore determined for
that increment of time and for each succeeding increment
thereafter by solving Eq. (132) with the appropriate con-
ditions. Hence,

= ((n)(~ _ T(,'C!) + V(wc '_‘ T(;a)z + 2(1 (Tla)c — 0[)5)
LE (44
(141)
The total on time istherefore given by
ton =1t + &+ - +ty
or
-
ton = 3 (tn) (142)
n-1

As an illustration of the above discussion, Fig. 35 shows
commanded turn rate vs time. Due to overshoot, there is
transient time until the signal settles out to the steady-
state rate. Each time the switching amplifier switches, the
initial conditions are determined and the on or off time is

8 / \ \
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€
=
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<
x
*_—'__ﬂ {f
H 2 I.’_s‘ |
TIME, sec —&
Fig. 35. lllustration of commanded-turn transient
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computed. The sum of the on time can be used for deter-
mining gas consumption.

However, further simplifications can be made by realiz-
ing that the primary gas usage is involved in the on period
following the start and stop of the turn. Since the turn-
on and turn-off periods require approximately the same

amount of gas, then the total gas consumed can be approx- -

imately found by adding 25% to the initial gas on time and
doubling this result to account for both the turn-on and
turn-off transients and also ¢,,t; - - - ty. Hence,
toni= 2.5t (143)

Fig. 36 represents analog computer results indicating a
commanded turn with an acceleration constant of 0.6
mrad /sec?. This strip chart was taken from an analysis of
turns as a function of the acceleration constant; the cri-
terion for the turns was the loading of the gyro amplifier.

2. Thrust Phase

Following the roll and pitch turns, the pre-computed
velocity increment is added to the spacecraft’s velocity by
the thrust from the midcourse motor. The velocity in-
crement required to provide for the desired velocity is
measured by an integrating accelerometer sensitive along
the roll axis. The accelerometer is turned-on at the start
of the maneuver and measures the acceleration imparted
by the midcourse motor thrust along the nominal thrust
line by providing pulses at a rate proportional to the
measured acceleration. The pulses are summed by the
CC&S; at the instant that they are equivalent to the com-
manded velocity increment, the shift register in the com-
puter overflows and provides the signal to shut-off the
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Fig. 36. Commanded turn on time, analog
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midcourse motor. The block diagram of the system during
the thrust phase is given in Fig. 37.

a. Jet valve gas expended during midcourse motor fir-
ing. After the pitch turn is completed, the midcourse
motor ignites, thrusting the vehicle in the desired direction.
The burning time for the midcourse motor is 90 sec. The
gas jet system remains on throughout the thrust phase;
however, the torque it exerts on the spacecraft, if any, is
negligible compared to the thrust applied by the mid-
course motor. Assuming continuous gas discharge, the
following gas consumption was computed for the normal
and half-gas system (Table 9).

Table 9. Gas consumptfion, motor-firing period

System

i Full Half

ton w Fon w

sec Ib sec Ib
Pitch ) 2.94 X 107 90 1.47 X 107
Yaw 90 477 X 107 90 2:38 < 1072
Roll 90 2.10 X 107* 90 1.05 X 10
Total 9.8 X107 49 X107

SERVO (4)

MOTOR EXHAUST
COMES OUT HERE

JET VANE (4)

Fig. 38. Autopilot jet vanes

b. Autopilot control. Stability of the spacecraft during
the thrust phase of the midcourse maneuver is derived
from position and rate control. Two pitch and two yaw
vanes extend into the path of the motor exhaust stream,
as shown in Fig. 38, and act upon the position error sig-
nals. The jet vanes are situated along the axes which are
parallel to the pitch and yaw axes. The gyros sense the
change in rate and are switched to the input of the auto-
pilot amplifiers at the same instant that the capacitors
are switched into the gyro network. Control about pitch,
yaw, and roll is dependent upon which of the four vanes
are rotated and how their error signals mix. For example,
if +x and —x vanes were displaced, the thrust vector
component in pitch would be controlled. A combination
of the x and y vane deflections provide for control of the
thrust vector in the roll sense. It is the purpose of the
autopilot to direct the thrust vector through the c.g. of
the vehicle.

The jet-vane actuator loop consists of the actuator
amplifier, actuator, position feedback potentiometer and
appropriate compensations, as shown in Fig. 39. The
complete analysis of the jet vane actuator loop and its
effects on the autopilot are discussed thoroughly in
Appendix B.

3. Midcourse Maneuver Error Analysis

Due to the requirement of the midcourse maneuver,
a study of the errors introduced by the attitude control
sub-system components during the performance of the
turns is important. The residual errors from the attitude
control system must be very small in order to satisfactorily
reduce the injection guidance errors.

The midcourse maneuver, as described in Sections
III-A through C, is a function of several distinct actions
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Fig. 39. Jet vane actuator loop

taken by the attitude control system. The error-laden
equations are developed fully in Appendix D, and only
the results are discussed here. The execution errors, in-
troduced by the maneuvering of the vehicles and sec-
ondly by the rocket firing, are of interest. Prior to the
maneuver, the spacecraft is in the cruise configuration.
The turn commands are sent to the spacecraft and stored
in the on-board computer (CC&S). At the roll command,
the spacecraft rolls at a constant rate through an angle 65.
The spacecraft then remains at rest for the remainder
of the roll turn period Tk, a fixed interval sufficiently long
to allow the maximum roll turn of 90 deg. Following
the roll turn, the pitch and yaw axes are switched to
inertial control and the pitch turn is performed in a simi-
lar manner. The pitch rate §,, for a duration T, pitches
the spacecraft by the angular displacement 6.

At the completion of the pitch turn, the nominal motor-
thrust line is pointed in the correct direction and is
parallel to the roll axis. The rocket motor is ignited at
the completion of the pitch turn and is turned off when
the accelerometer indicates that the commanded velocity
increment has been added.

The midcourse-maneuver error analysis is conducted
using the parameters listed in Table 10.

The errors due to the sub-system components are
enumerated in Table 11, and are related to the maneuver
pointing errors derived in Appendix D. Because the ve-
locity vector is added along the roll axis, only pointing
errors about the pitch and yaw axes need be considered.
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Table 10. Midcourse maneuver parameters

Parameter Values

Roll turn angle 6r —90° = gz = +90°
Pitch turn angle 6p —180° = ¢p= +180°
Roll turn rate ék +3.5 mrad/sec
Pitch turn rate 0p 3.5 mrad/sec
Roll turn period Tr 570 sec
Pitch turn period Te 1020 sec
Earth-probe-Sun angle B 45° < Bi=135°
Feedback gain in the pitch gyro-

autopilot-jet vane loop Grap 4.0
Feedback gain in the yaw gyro-

autopilot-jet vane loop Gray 4.0
Average acceleration of the spacecraft

during the motor burn v 0.615 m/sec

Infinitesimal approximations are made to simplify the
analysis. Tables 12 and 13 list the error sources that
contribute to shutoff and resolution errors, respectively,
in the maneuver magnitude. The shutoff errors are propor-
tional to the maneuver magnitude, while the resolution
errors are independent of the maneuver magnitude. The
results from Tables 11 through 13 are:

Pointing error = 34.68 mrad
Shutoff error = 1.25%

Resolution = 0.053 m/sec (144)
For the rms maneuver of 20 m/sec, the 3-¢ shutoff error
is 0.249 m/sec.

The assumptions introduced in the analysis of the esti-
mating of the pitch and yaw pointing errors, and the
shutoff and resolution magnitude errors, are described
below. Each of the error sources is assumed to have a
zero mean value, and to be statistically independent of
all other sources. As a result of the first assumption, the .
variance of each individual error source is equal to
the mean value of the squared error, and the standard
deviation is equal to the root-mean-square (rms) value.
As a result of the second assumption, the variance of
the final pointing, resolution, or shutoff error, is the sum
of the products formed when the square of each indi-
vidual error standard deviation is multiplied by the square
of its coefficient. When each individual product is divided
by the sum of the squares and multiplied by 100, the
percentage contribution of the individual error source
to the variance of the final error under consideration is
obtained. If 3-¢ values are used instead of the 1-¢ stand-
ard deviations, the square root of the sum of the squares
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Table 11. Pointing error

S i Units 3 o source Origin of 3 o source Pit.cl_\ Yc.“.r Maximum | 3 o error ::r'::::
error error number coefficient coefficient coefficient (mrad) verlance
Pitch sensor electrical null offset mrad 0.5 Hardware =] 0 1 0.50 <0.1
Pitch sensor mechanical null offset mrad 2.2 Spec. RL-4-420A =] 0 1 2.20 0.4
Pitch initial dead zone position mrad 5.0 (1) Spec. RL-4-420A 1 0 1 5.00 21
Pitch switching amplifier null offset mrad 1.0 Spec. RL-4-420A =2 0 2 2.00 0.3
Yaw sensor electrical null offset mrad 0.5 Hardware 0 —cos 8p — cot B sin 6p V2 0.71 <0
Yaw sensor mechanical null offset mrad 2.2 Spec. RL-4-420A 0 —cos 8p — cot B sin 6p \’_f 3.1 0.8
Yaw initial dead zone position mrad 5.0(1) Spec. RL-4-420A 0 VY cos” 6 + cof’ B sin’ 6 1 5.00 2.1
Yaw switching amplifier null offset mrad 1.0 Spec. RL-4-420A 0 —2cos Op — cot B sin fp V—S 2.24 0.4
Roll sensor electrical null offset mrad 8.0 Spec. RL-4-420A 0 —sin 6p/sin B V_2 11.31 10.6
Roll sensor mechanical null offset mrad 1.73 Spec. RL-4-420A 0 —sin @p/sin B V2 2.45 0.5
Roll initial dead zone position mrad 15.0(1)(2) Hardware 0 sin 6p/sin 3 V_Z 21.21 37.4
Roll switching amplifier null offset mrad 1.0 Spec. RL-4-420A 0 —2sin 6p/sin B 2V2 2.83 0.7
Pitch gyro drift mrad/sec 4.85 E-3 Spec. RL-4-420A =Tp 0 1020 4.95 2.0
Yaw gyro drift mrad/sec 4.85E-3 Spec. RL-4-420A 0 —sin 6p/6p — (Te — 6p/65) 1020 4,95 2.0
Roll gyro drift mrad/sec 4.85E-3 Spec. RL-4-420A 0 —Tgrsin 6p — (1 — cos 65)/6p 925 4.49 137
Roll turn calibration mrad/rad 3.0 Spec. RA345-4-440A 0 6r sin Op 1.57 4.71 1.9
Roll capacitor leakage mrad 5.0 Spec. RA345-4-440A 0 —sin 0p 1 5.00 2.1
Roll turn time resolution sec 0.867 (1) Hardware (o] 6r sin 6p 3.5E-3 3.03 0.8
Pitch turn calibration mrad/rad 3.0 Spec. RA345-4-440A 6r 0 3.14 9.42 7.4
Pitch capacitor leakage mrad 5.0 Spec. RA345-4-440A =1 0 1 5.00 2.1
Pitch turn time resolution sec 0.867 (1) Hardware 6p 0 3.5E-3 3.03 0.8
Yaw gyro misalignment in roll mrad 1.53 Spec. RL-4-420A 0 sin 6p 1 1.53 0.2
Roll gyro misalignment in yaw mrad 1.53 Spec. RL-4-420A 0 —(1 — cos 6p) 2 3.06 0.8
Roll sensor hinge misalignment in yaw mrad 2.6 Spec. RL-4-420A 0 cot 3 sin 6p 1 2.60 0.6
Roll sensor hinge misalignment in roll mrad 2.6 Spec. RL-4-420A 0 —sin @p 1 2.60 0.6
C.G. location, angular error in pitch mrad 5.0 New Estimate 1+1/Grsr | O 1:25 6.25 3.2
Thrust vector angular error in pitch mrad 2.8 New Estimate —1/Grap 0 0.25 0.70 <0.1
C.G. location, angular error in yaw mrad 5.0 New Estimate 0 1+ 1/Grsy 1:25 6.25 32
Thrust vector, angular error in yaw mrad 2.8 New Estimate 0 —1/Gray 0.25 0.70 <0.1
Roll sensor albedo asymmetry mrad 9.6 (2) Hardware 0 —sin 6p/sin 3 V_Z 13.57 153
Total 3 o pointing error (mrad) = 34.68 700.0
Notes:
(1) These parenthetical bers (in three above) have been taken as uniform distributions.

(2) These parenthetical numbers depend on angle, i.e., angular diameter from the Earth, and were calculated for 16 hrs, or approximately 160,000 km.

€99-2€ 'ON 1LidOd3d TTVIOINHODAL 71dr
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Table 12. Proportional shut-off error

Error source Units Sfogsource Origin of 3 o source Erl:o_r Coefficient 3 o error Percenl: of
error error number coefficient total variance
Accelerometer scale factor — 2.5E-3 New estimate 14 v 2.5 E-3v 4.0
Accelerometer null offset m/sec’ 7.5E-3 Spec. RA 345-4-440A v/v 1.63V 12.2 E-3V 96.0
Total 3 o Proportional Shutoff Error — 12.45 E-3V 100.0
Table 13. Resolution error
Error source Units Sjojsovrice Osigin of 3 oisource Error Coefficient 3 o error Per:en! of
error error number coefficient total variance
Velocity increment
(Calculation and execution) m/sec 37.3E-3(1) New estimate 1 1 37.3E-3 50.5
Velocity tailoff error m/sec 37. E-3 New estimate 1 1 37. E-3 49.5
Total 3 o Resolution Error (m/sec) = 52.5 E-3 100.0
Note:
(1) This parenthetical number (in column three above) has been taken as a
uniform distribution.
e
-L 0 +L =L 0 L

Fig. 40. Uniform density function

is the 3-¢ value of the final error. The use of individually
maximized coefficients tends to yield an upper bound
on the 3-¢ value if the individual errors are indeed sta-
tistically independent. By actually taking the square root
of the sum of the errors squared, the pointing error is
increased by approximately 4.8%.

The resulting 3-¢ errors are assumed to have Gaussian
distributions, except for sources 3, 7, 11, 18, 21, and 30
in Table 11, which are assumed to be uniformly dis-
tributed as shown in Fig. 40.

For a zero mean, uniformly distributed random vari-
able, the 3-¢ standard deviation is 3\ L.

It is possible that as a result of solar or other extraneous
torques the limit-cycle errors, numbers 3, 7, and 11, would
be forced to one or the other of their extreme values.
Thus, they might approach a discrete distribution as
shown in Fig. 41.

If this were the case, the 3-¢ standard deviation for

these errors would be 3L or Y3 times their presently
tabulated values.
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Fig. 41. Discrete density function

D. Terminal Maneuver

The primary function of the terminal maneuver is to
execute a pitch-yaw-pitch turn sequence so as to align
the TV cameras’ optical axes along the spacecraft’s ve-
locity vector just prior to impact; no motor burn is
required. During this phase of the Ranger mission, the
primary requirement imposed upon the attitude control
system is the precise pointing of the directional antenna
toward the Earth continuously. To do so, the first pitch
turn is constrained to make the hinge angle 90 deg, so
that the following yaw and pitch turns will not interfere
with communications. The yaw and pitch turn points
the camera and again requires the switching to a gyro-
controlled turn and, therefore, the switching-in of the
capacitors and the capacitor cycling. The terminal maneu-
ver sequence is shown in Fig. 42.

1. Commanded Turns

The analysis for determining the gas consumed during
the pitch-yaw-pitch turn sequence is identical to that
presented in the midcourse discussion, Section I1I-C-1(a).
Table 8 indicates the amount of gas used each time a
pitch or yaw turn is made.
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FIRST PITCH MANEUVER,
EARTH-PROBE~SUN ANGLE =90 deg

YAW MANEUVER

SECOND PITCH MANEUVER,
ALIGNS TV CAMERAS
PARALLEL TO TRAJECTORY

\

CAMERA VIEW
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2. Terminal Maneuver Error Analysis

The error analysis of the terminal maneuver is re-
viewed in some detail in Appendix D. It should be noted
that the technique for analyzing the terminal maneuver
is quite different from that at midcourse due to the
iterative scheme that must be employed in order to pro-
vide the desired results. Therefore, a detailed analysis
must be made each time the trajectory information is
varied, reflecting a complex computer program.

a. Effect of the Earth-probe-Sun angle. One of the fac-
tors influencing the accuracy of the Ranger terminal
maneuver is the Earth-probe-Sun angle, B. The an-
gle is nominally constrained to lie within the range
45deg < B < 135deg. However, if this angle is increased
in range to 140 deg, the accuracy is expected to vary
slightly. To determine the effect of this increase in B, a
study using the terminal maneuver accuracy program
was conducted. For the pitch-yaw-pitch maneuver, the
first pitch turn, 6p,, is a function of §, =90 deg — B.
The yaw turn and second pitch turn do not depend on
B and were held constant. The results of this analysis
are shown in Fig. 43; the graph shows how the space-
craft pointing errors are changed by varying the first
pitch turn. The 3-¢ rotation errors about the pitch, yaw,
and roll axes are given in mrad and are denoted, respec-
tively, as 3o,, 30,, and 3o..

b. Camera pointing error. The error in pointing the
camera axis is related to the spacecraft pointing errors
as shown in Fig. 44. By assuming that the errors are
small, the rotations may be represented by vectors. Hence,
the rotation errors about the camera x and y axes are:

0’;%,; = o% (145)

oje = c0s® Yoy + sin? Yo — 2 (siny cos ¢) oy
(146)

The quantities 3o, and 3¢, are also plotted on the graph
in Fig. 43. The value of 3o, is determined by assuming
oy = 0. If the value of o,, were not equal to zero, then
30, would be smaller.

The above results indicate a general behavior of the
pointing error. The larger the Earth-probe-Sun angle g,
the more the y camera axis begins to increase as 1/sin f.
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Fig. 43. Three-sigma terminal pointing errors as a
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Fig. 44. Camera pointing error

Extrapolating from the graph, the camera pointing errors
for B = 140 deg are approximately the following;:

30z = 20.6 mrad
30yc = 13 mrad (147)
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IV. SUMMARY AND CONCLUSIONS

This Report has covered the specific details of provid-
ing an attitude control system for the Ranger lunar space-
craft. As mentioned above in this Report, the function
of the attitude control system is to maintain three-axis

. stabilization of the spacecraft during the lunar journey,

and to provide correction capabilities for both (1) chang-
ing the trajectory in order to impact the Moon’s surface

_and (2) photographing the Moon at some specific point.

The sequence which must be followed after the space-
craft separates from the Agena B second stage is first to
command Sun acquisition. Simultaneously, the antenna
rotates out to a pre-selected hinge angle and the initial
injection rates are reduced since the gas jet system is
activated and rate control is present. When the tumbling
rates are sufficiently small, the vehicl€e’s rate and position
about the pitch and yaw axes are stabilized and controlled
due to the gyro and Sun sensor position-error control.

Several hours later, the Earth acquisition command is
transmitted to the spacecraft. The spacecraft is com-
manded to rotate about the Sun line (roll axis). The
Earth sensor, mounted on the antenna arm, is activated
and the antenna hinge, which is under servo control,
changes position when the sensor first indicates the pres-
ence of Earth light. The sensor tracks the Earth and then
locks onto it. The Ranger spacecraft is now under com-
plete three-axis control in both rate and position.

Over 90% of the time in flight is considered to be in
the cruise mode. This phase is characterized by low
amplitude limit cycling. Control is obtained from both
rate and position feedback. The cruise control system
is designed to use a minimal amount of stored gas.

If the trajectory in which the spacecraft has been
injected is not within the bounds of a successful lunar
encounter, a midcourse maneuver is desirable. The ma-
neuver requires an uncoupled commanded roll and pitch
turn, and an increment of velocity added to the space-
craft’s velocity vector by a midcourse rocket motor.

The maneuver requires that celestial position control
be broken and that compensation networks integrated
with the gyros provide both the rate and position signals
during the maneuver. Following the maneuver, the Sun
and Earth are re-acquired as the major bodies for posi-
tion control in the same manner as discussed earlier.
Finally, a terminal maneuver, consisting of an uncoupled
pitch-yaw-pitch turn sequence, is initiated if the TV
cameras’ optical axis is not aligned within the specified
tolerances for obtaining acceptable pictures of the lunar
surface.

The Ranger mission requires a preciseness which can
only be as good as the major subsystems of the attitude
control system. For that reason, the inertial and celestial
sensors, and the gas system must be highly accurate
devices, designed to withstand external disturbances,
temperature variations, etc., and to still maintain accurate
operation.

In conclusion, the preciseness of the Ranger attitude
control system as the controlling device for the stabiliza-
tion, orientation, and course correction has been proven
in the highly successful Ranger 6 and 7 missions, in Janu-
ary and July of 1964. The control of the spacecraft, as
observed from the mission telemetry, indicates that the
subsystems operated within the design specifications.

NOMENCLATURE

C derived-rate capacitor
E, derived-rate amplifier electrical output
E), derived rate-decay voltage

Ep, initial conditions remaining from the charge-

up of the derived-rate amplifier

Ey noise in the switching amplifier
f frequency of the cruise limit cycle
F force due to the gas jets

Grs, feedback gain in the pitch gyro-autopilot jet-

vane loop
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NOMENCLATURE (Cont’d)

feedback gain in the yaw gyro-autopilot jet-
vane loop

current output of the gyro amplifier
command current
gyro torquer current

specific impulse for a continuous discharge
system, hysteresis type system, and derived-
rate system

moment of inertia of the spacecraft about
each axis

specific impulse of the nitrogen gas

moments of inertia about the pitch and yaw
axes

moments of inertia about the roll axis
gyro-torquer scale factor

current scale factor, derived rate amplifier
derived-rate gain

Earth sensor scale factor

rate sensor gain (gyro scale factor)
position sensor gain (scale factor)

lever arm of the gas jets

gas jet-valve moment arms for the pitch, yaw,
and roll axes

number of cycles in the limit cycle mode
torque resistance

derived-rate amplifier feedback resistor
derived-rate amplifier input resistor
pure resistance

duration of the control torque

mission time

gas jet off time

gas jet on time

pitch-turn period

roll-turn period

duration of the solar torque

6»1a1‘
amar(-b
Gmi n
éminbb

07107"

Op
Op

Op, Oy, Oz
bp, Oy, Or
O

torquer voltage

gyro amplifier output voltage
weight of the gas

gas-weight flow rate

spacecraft-acceleration constant due to the
gas system

acceleration due to the gas-jet torque
acceleration due to solar energy
Earth-probe-Sun angle (EPS)

minimum on time

error signal actuating the switching amplifier

switching-amplifier electrical-deadband error
signal

Sun sensor saturated output (electrical)

initial position about the pitch, yaw, or roll
axis

initial rate about the pitch, yaw, or roll axis
actual rate about the input axis of the gyro
turn command rate

equivalent switching-amplifier angular-
position deadband

rate deadband

vehicle angular position (general)

vehicle angular rate (general)

maximum acquisition rate

maximum upper limit of the acquisition rate
minimum acquisition rate

minimum lower limit of the acquisition rate
nominal acquisition rate

pitch-turn angle

pitch-turn rate

pitch, yaw, and roll angular position

pitch, yaw, and roll rates

Earth sensor position saturation
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NOMENCLATURE (Cont’d) |

limit cycle rate increment, hysteresis type sys-
tem, and derived-rate system

antenna hinge angle

spacecraft time constant in pitch or yaw
(denominator pole)

control torque due to the gas jets

derived-rate charge-time constant /
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roll-turn angle ]
Te
roll-turn rate
equivalent Sun sensor saturation displace- 7 dischargefreichustant
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7, solar torque ‘
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(numerator zero) 7s,, Marginal solar torque }
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APPENDIX A

Spacecraft Dynamics

In the study of the midcourse maneuver, the dynamics
of the vehicle play an important part in the determina-

. tion of the response to the commanded turns and thrust-

ing phase. The following discussion and analysis are
provided to develop the approximate equations defining

_ the structural dynamics and also to derive the transfer-

function characteristics of the spacecraft.

1. Structural Dynamics

The flexibility in the hinge-type supports of the solar
panels and the high-gain antenna necessitates a careful
investigation of the spacecraft dynamics. First, the space-
craft structure in the midcourse configuration is of con-
cern here and is approximated by a simplified model
shown in Fig. A-1. In this model, all the structures are
assumed rigid, and bendings take place only at the hinge

or hinge lines. Thus, any compounded bending, canti-
lever bending, or torsional bending is neglected. The
analysis is further simplified by neglecting structural
crosscouplings. Therefore, the equations of motion about
the yaw axis include only the solar panel bendings; the
antenna bending is assumed only about the pitch axis.
The equations are derived by using Lagrange’s equations
of motion, and are summarized in matrix forms. Detailed
steps of the derivation for the yaw and pitch axes are
shown in the following analyses.

It should be noted in Fig. A-1, that the directions of
the major axes are chosen for sake of computational
convenience, and may not agree with the practiced sign
convention. The spacecraft attitude is measured with
respect to an inertial reference whose coordinate axes

+2Z(2) +Z

C.M. OF
ENTIRE ASSEMBLY

C.M. OF
SOLAR PANEL  238ft(1)

47 = l SSRe My )
2.5t 2.2 nk | I |
HINGE LINE 240 ft s 1 — 239 ft

(1) THE LATEST VALUE IS 2.09 ft.
(2) THE POLARITIES OF ¥ AND Z AXES ARE

+X ——

C.M. OF
ANTENNA

+r(2)

OPPOSITE OF CONVENTION.

(3) FOR THE VALUES OF THE MASSES AND
MOMENTS OF INERTIA, SEE FIG.
A-2 AND A-3.

Fig. A-1. Spacecraft configuration
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coincide with these major axes of the spacecraft, when
all the gyro outputs are null.

Since the roll axis coincides very closely with the
midcourse-motor thrust vector, the absolute value of
the pointing error will not be affected appreciably by
a small spacecraft roll. The roll-axis dynamics are approx-
imated by a rigid body.

2. Derivation of Spacecraft Equations of Motion

The equations of motion which are characteristic of the
Ranger spacecraft are derived based upon the Lagrangian
equations. Thus,

d (oT oT = oV
ai(54;) ~ 70 T ©

T = the total kinetic energy
\%

(A-1)

where

I

the total potential energy

Il

qi = system variables: x, z, 0, ¢, and ¢.

Q = the generalized input force

The equations for both the pitch and yaw axis are
developed in the following sections.

a. Equations of motion, pitch axis. Based upon the
simplified model of the spacecraft shown in Fig. A-2, the
kinetic and potential energies are given, respectively, by

myo; 1,07 I,
9 2 g T Tt

myv; MU}
T —

V = %kaqﬁ

The parameters defining Fig. A-2 are given below:

A,, A; = centers of mass of the spacecraft central
structure and the communications antenna

0 = center of mass of the composite structure

line OB = line passing 0 and parallel to the spacecraft’s
z axis

C, = antenna hinge

k, = spring constant at C;
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Fig. A-2. Simplified model of the spacecraft, pitch axis

C, = antenna counterbalance mass
m; = 0.33 slug

M, = m, + my; + m, = 25 slugs

~
I

moment of inertia of the antenna about the
line passing A; parallel to the X axis = 0.489
slug-ft* /rad

Assuming infinitesimal rotations, the following approxi-
mations can be made.
03 = (§ — hf)* + (£ + b.b)*
vi=[2+ Db+ (6 + ¢5)]2 + [y + ho]?
= [z + dsf + Ls]* + [y + hé]
v} = (2 — bd)* + (y + hé)

Now since

oT _oT _aT _aT _
0z Oy 00 Oy

and

v _w_av _
oz oy 00




then, substitution into the first part of Eq. (A-1) yields
the following forces and torques:

2 <£) = (m, + ms +m,) y

dt oy
+ (—moh, + msh + mh)§ =F,
" If we let
M, = (m, + m; + m,)
- then
B = My (A-4)
Also,
d (0T o
E?(a—z) =(m, +m; + m)z%
+ (m,b, + msd; — m,b,) 6 + myligs = F.
and
F.= M,z + m;l,¢, (A-5)
Furthermore,
d (oT .
e (W) = (—myh, + msh + mh)y
+ (myb, + m,d; — m;b,) Z
+ [m, (h% + b3) + m, (h* + dj)
+m (b2 +Db3)+1,+ 1] 6
it <m313¢3 =T Ia) <.i)'3 =T (A-6)
Moreover,
d [oT . .
a@ (T%) = mul,Z + l,dsm.6
+ mligs + I, (6 + ¢5) (A7)
also
oV
atﬁj = k3¢3

] and

0 = myl,z + (I, + myl,d,) 6

Now if we let

N; = msla
I =1 + my 3

Ts0 = I + mylod;
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then Eq. (A-5), (A-6), and (A-8) can be written in the
vector matrix notation as follows [Eq. (A-4) is not in-
cluded since y is independent of the other variables]:

F, M, 0 N, z

nl=le m s me AR e
o| | % g (ntg) |6
The matrix of coefficients is then given by
M, 0 N,
poey =]} A SR (A-10)

ks
Na Iao (13‘*‘;2‘)

The transfer functions 9'/7z and 6/F. can be determined
by taking the inverse of Eq. (A-9) and substituting in
the numerical values; therefore

Z Xu X21

o0 i1 &

0 = ‘l_l X12 Xzz (A'll)
e T

¢3 X13 X23

where X;; is the cofactor of x;;. The determinant is
given as

Molks[(Is I3 Ni
| X| :T[(E—m—m)sz i 1]

_ Mk [(1 Lol l _N_s)s_ iy 1] (A-12)

§? I:]s M,]; ) o3
where
w3 = V Es/]:-x
The cofactors are
X2 = NaJso
_ Mk, N3 \ s*
tan (o S 0]
Xis = —Nsl:
Xo3 = —M,J3

The numerical values are given as
J. = 109.0 slug-ft*
M, = 250 slug
N, = 0.788 ft-slug
Is = 2.371 slug-ft* /rad
Jso = 4.27 slug-ft? /rad
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Finally, upon substitution into the proper equations we  and

obtain

which can be approximated by

where

Ao, Ay Azt

(2}
LINE OB :

¢ . HINGELINE
: SPRING CONSTANT ABOUT THE HINGE LINE

46

S2
(A 6 _ NaJso o3
i £(1.005)2 ol 1> oM (A-15)
™ (A-13) L0377 et

Ts 5
L. ((1.037)2 = 1)

tions which are characteristic of the yaw axis are devel-
P ) oped. With the aid of Fig. A-3, the kinetic and potential

F e Sl energy about the yaw axis is given as
—~ = (A-14)
T ( ot 1) m m m I
z 0 o -
paw T=—ol+ ol f—uvit-0
L G G i gt (A-16)
v, = 18.1 rad/sec 2 ¢1 2 - .
ps = 1.037 V =Yk, ¢ + Yoke3 (A-17)
z b,  (INERTIAL REFERENCE COORDINATE)
Ap(my, 1)
—— - X
LEGEND:
CENTERS OF MASS OF THE SPACECRAFT CENTRAL m=m,= 0.73 SLUG

STRUCTURE, SOLAR PANEL | AND SOLAR PANEL 2
CENTER OF MASS OF THE COMPOSITE STRUCTURE

THE LINE PASSING O AND PARALLEL TO THE
SPACECRAFT Z AXIS

M, = m,+m +m, =25 SLUGS

I =1, = 1.9 slug-ft2/r0d (MOMENT CF INERTIA OF THE SOLAR
PANEL ABOUT LINE THROUGH A4, PARALLEL TO THE
¥ AXIS

Jy = L+ 1+ Iy +myrl+my (h2+ a2 emy (h2+dF ) =109 slug-f/rad

Fig. A-3. Simplified model of the spacecraft, yaw axis

b. Equations of motion, yaw axis. Similarly, the equa-
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If all of the rotations are assumed to be infinitesimal, then
the following approximations can be made:

03 = (% + hof)? + (2 — bob)?
v? = (x— h)? + [2+ b.6 + L (¢, + 6)]2

v3=(x — h) + [z — bob — L (¢, + 6)]?

Now since
oT _oT _oT _af _oT _
9z 0x 00 0¢: O
and
V_W _v_
0z  ox 00
we obtain for the z axis:
d (0T ..
E(?i) = (m, +m; + m,)Z

+ (—m,b, + md, — mady) § 4+ milidy
™ mzlz;i;z

Fz — (mo + my + mz) z + mlll(-ﬁ‘l - m2l2$2
(A-18)

For the x axis:

d (0T ..
Eﬁ(%?) = (m, + m; + my,) X

+ (moho — muhy — muhy) 6

F.=(m,+m, +my,)x (A-19)

For 6:

d aT 2 2 2 2
%(55) = [mo (k% + B3) + my (B* + df)

+my(h2+d3)+1,+1,+1]6

+ (I, + mildy) ¢; + (I + malods) 6, = 7,
(A-20)

For ¢,:
d aT . 2\ 87 .
dt (ﬁ) = (I + mubdy) 6 + (I + mlf) g, + mli
oV
a; e k1¢'1

Therefore,

(I, + mldy) 6 + (I, + m,l2) ¢, + kygy + mliz =0
(A-21)

Similarly for ¢.:

(Iz i mzlzdz) g+ (Iz il mzlﬁ) <.f>-2 A h2¢2 —m.l,z2=0
(A-22)

Now, if we introduce the following substitutions:
M, = (m, + m, + m,)

I, = m, (h2 + b2) + m, (h? + d2)
+my(hr+d)+1,+1,+1,

Ji=1L +ml
Jo=1 +mld
. =L+ ml
Joo =1, + myld,
Ni=m,l,

Ng = m2l2

then, the vector matrix equations can be written in the
form below:

i _Mo 0 0 N, =N, if z
10 0 M, 0 0 0 X
Ty 0 0 ]y ]10 ]20 9
0 N1 0 ]10 <]1 - ;) 0 4’1
0 N, 0 J 0 (1 - kz) b
T iV2 20 2 gt o
S
1L 4
(A-23)
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From the above expression, it is clear that the term
involving x may be removed from the equation so that
we now have

F] —M,, 0 N, —N, zj
TU 0 ]y ]10 ]20 yy
_ k, o
01— Nl 110 (Il =i F) 0 ¢1
0 “Nz ]20 0 < 2 Gl I;_Z'> ;i;Z

] | =

(A-24)

The solutions to the above expression are obtained by
solving for the inverse so that

F, zZ
vl=0,
b1
b
and
4 Yu Y21
f 11 Y, Y. |F,
o S (A-25)
¢1 |Y| Y13 st Ty
;1;2 Y Yo

where Y;; is the cofactor of y;;.

In order to simplify the problem somewhat, we can let
solar panel 2 be slightly different from solar panel 1,
and thus

m, =m,; + Am
L=01L+al

k, =k, + Ak

Then |Y| and Y;; can be expressed in terms of solar
panel 1 parameters and Am, Al, Ak. Furthermore, if we
assume that

o h_ b
ml mg
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then,
Ji=m, (A + 1)
J. = m, (A% + 13)
Jio =m, ()\2 =i l1d1)
Joo = m, (/\2 I lzdz)
Any variation in the error terms Am and Al affects mo-
ments of inertia J,o, J. and J.,, since d,, d., I, and m.

vary. Therefore, the above relationships are determined.
The partial derivatives are taken at m, = m, and L, = [,.

Gl A — 2m111d1
om, |,y M,
0J10 - m
alz M2 =my - M" Nl
A
om, L=l m,
0J 20 o (mo il ml)
o | ml( i, L + d,)
ol _ I
om, m,
o],
E = 2N,

Based upon the above expressions, the determinant and
cofactors of Eq. (A-25) can be determined.

From the diagram in Fig. A-4, the distance from the
tip of the solar panels to the central structure is deter- *
mined as a function of an incremental offset.

Hence,
0 m, my —m, do
eplby || =] =il 0 d, (A-26)
b+l 1 0 1 d.
Solving for d, and d. yields,
0 1 2 l1 2
dlzm(b+l)+m2(b+ 1+ 1) (A-27)
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I
|
—-ld,,-—
|
F—/gq-—b%‘b L /|—J——’_X
> -

i — "

P

Fig. A-4. Distance from tip of solar panels to central
structure, as function of incremental offset

and
d2 o m, (b = lz) e l\'”/;; (2b + I, + l2) (A_28)
Therefore,
ob+b)+m2bt+L+
]1o=m1{A2+ll[m ( ) ;"40( L ):l}
d (A-29)
an
T {Az o8 12[mo(b L1 +I\n;:(2b +1+ 12)]}
(A-30)

The determinant is now evaluated by analyzing the
following expression:

M, 0 N, =Ny
0 ]y ]10 ]10

RN TR <1+-’S‘—) 0

(0
§

9|
ok, Ak

“Nl ]10

0 Y| 0Y|
e

) (o)
=R ey W\

o|Y| o Y| 21Y]|
+ ooy Am + oL Al, + %, Ak

—+

Al, +

(A-31)

where
il
il
i
*TIM,
o= fo
Iy
and

2 |Y| LMk

-2 (=g +1)

om, ~  m;s?
(A-32)
o1Y| 2NMolki () mi  Jio(ht di)

alz o S ( Mo ]y ll )

X (——32 4l 1) (A-33)
mf/(l g B)
oY _ Mk, 8

ok, st <w?/(1 il s 1) HE

Further approximations can be assumed since F. is rela-
tively large and 6, ¢, and ¢, are small. Therefore,

B il
IYl IFT Mn
Yy =0 (A-35)

Similarly, the remaining cofactors may be expressed as

M k2 s2 s?
Yo =7 <w'f/<1—2a>“> E“)
Gh 0Y.

22 aYZZ
+ = Am + oL Al + ok, Ak (A-36)

where

Y., Mo]lkl s?
a—rn;:-'w(l — 2q) (wf/(l T an l) (A-37)

Y., 2N.Mk, s
g (w% = 1) (A-38)
oY, Mok, s
oh, ~ st <w§/(1 —a) i 1) e
_ _ LiNik 52
YI3 = SZ (u)%/(]. il 23) + 1) + AY13
(A-40)
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Yy LN, ﬂ]lo lLd,
om,  m (1_4’3+2Mal_y(l2+l%)

(A-41)

It m,,[l o

M, + 2(m, + m,)\ .,
- <)‘2 £t ( M, )ll P 4l1d1)]

ki
(A-42)
0Y,5 . '—Ile
ok - & (A-43)
" S MO]lOkl Sz
Y3 = — po <wf/(1 =00 + 1) + AY,,
(A-44)
aY23 2klNICll [(
=— 1—a
om, s
(+Ld)M, . s
——Qm‘l1d1 (1 4a)> o I 1]
(A-45)
Mo _ _ muNiky (2M, (0 4 Ldy) 202 + 2Ld)\ 8,
o, s ( m, (A2 + [3) A2+ 1) ot
(A-46)
s _ Mo
A (A-47)

)Nk, s
T =70 (wf/(l —3p) 1) e

oy N NJ,,kl _ mllldl f_
M {[1 28 (1 T3, e + Ly ]m% * 1}

oY _ NiJk, . s
ol, — Is? {[1 B i

aYM o
e (A-51)
. Mo]lokx s?
Y,, = 52 (wf/(l — 2a) e 1) SIEPAY Y
(A-52)
0Y 54 _ M ,J 10k,
om, m,s?
X 2 2l
[(1)‘;’/[1 - 2&1 (1 = mllldl/Mo (A.z + lldl))]
(A-53)

aY24 — MONI (ll + dl)
ol, — lis?

 mbh (G +Ld) \s&
& [(1 ML +d (A + l;~’)) o 1]

(A-54)

0Y o4
oh,

=0 - (A-55)

Now in order to obtain a set of numerical solutions,
the values of the parameters must be substituted into
the above equations; hence the parameters are given
below as

I, =251t
d, = 4.7 ft
m, = 0.73 slug

M, = 25.0 slugs

J, = 109.0 slug-ft*/rad

A2 = 2.6 ft?

a = 0.02062

B = 0.156

], = 6.46 slug-ft*/rad

J1o = 10.48 slug-ft? /rad
N, = 1.825 slug-ft?/rad

I, = 1.9 slug-ft*/rad
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Substituting into the above equations, we get the fol-
lowing solutions in terms of several of the unknowns:

__ KM, sz s
Ll [((1.206«»02 i 1) ((1.0210,1)2 & 1)

+063220 5 (—s—; i 1)
m )

ot \(T 1470,
Al s? §2
+ 0.9787m_¥<m . 1)
ARG
: T<(1'1—02°")~2 i I)J (A-56)
_ M o )
Y., = st [((1'021‘»1)2 aF 1) (w—;’ = 1)
g Am s?
K ((Tom +* 1) (0.95970?
[ s k
+ L4275+ ék—)] s
v, = -4k [(0.688 R
iy m
, 0674AlN s L Ak s
R -
— - e o Am[ /19.25\*
28— s {(1.021w1)2 pr L =bied m [( o3 >
l 9.7 s2
#1oom (1) + ) s

JN:k, ( Am Al 82
e l)(——(l_206w1)2+1)

(A-60)
2 Mok f Am il s?
Y~ o QR BB )(—(1.020)1)2 + 1)
(A-61)

These parameters are now plotted as functions of am/m,
Al/l and Ak/k (up to #10%) for normalized frequency
$/w; in Fig. A-5 through A-7.

The figures are plotted by normalizing the frequency
to that of the solar panel natural resonance o, and assum-
ing that the solar panels are identical. The equations then
reduce to the following:

kM, (s
s* (1.2062) (1.0212) \ o?

2
(Y| = + 1.2062> <—S—2+ 1.0212)

jl.24 [ //
\ \\ A/f/
Tl
St i
/.20 — Am
J T i) G
= na o R

—

2 2
: c (s 2\(s 2
II.IS- yl==|—=+p —+p
[¥1 2 |2 | 12 2

w, = NATURAL RESONANCE
L FREQUENCY OF SOLAR

y2 PANEL BENDING
t ABOUT HINGE LINE
jlo8 | 7\
e Ll
~
o —
;104 [ —
T = =
// e
7599 = ==
//K \\
j0.96
=12 -8 -4 (o] 4 8 2
Am Al Ak
b b (%)
Fig. A-5. Variation of the roots of | Y| due to the
variation of Am, Al, or Ak
j12 7 l
2 2
e (R SN (PR o
Y2272 <w12 +po> (wlz +p1>
108
| \\ L
N ak_—T
/'IA04 ~
3 | iR
© /100 _Q\/‘ —==alSAT
L Po S
L~ N
/096 s N \\
Al ™
j0.92
Ty Y Y 0 4 8 2
Am Al Ak o
> Ry (%)
Fig. A-6. Variation of the roots of Y,, due to the
variation of Am, Al, or Ak
If we let
C= k?]yMo
(1.2062) (1.0212)
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1.28

[NSS
/'l.24 N Ak/

)

; {
/'~2°r- Yi3: 2

NS
NS s
e e AN
| .
?_ /'I.I2
=
/108 <
S
N Ak
/104 \\ =
e 52 xpy
e e
/100 itk = Am
<
/// \\\
A/\\\
/096
-2 -8 -4 0 4 8 2
Am Dl Ak
st o 2 b7 °/0
m® Ntk te)

Fig. A-7. Variation of the roots of Y,; and Y,; due to the
variation of Am, Al, or Ak

p, = 1.021
p. = 1.206

C/s S
Y| = ?<;—§+ p%)(; + p2>

The cofactors of Eq. (A-25) reduce to the following set
of equations:

Then

(A-62)

From Eq. (A-35)

Y]
M,

Y o

By substituting for |Y| and M,, the equation is given by

C [s® s?

—_ — 2 P 2
)
for

C
Cll - Mo

52

The equation reduces to

C 2 &
Y = 11(82 + Pf> (— + p%)
§ (0% [OFY

Accordingly from Eq. (A-35)
¥,2=10

and
Yo =Y., =0

Now

_ Mok3i(1— 2a)(s® 1 s
To = (E+<l—2a>)<m%+1)

and letting
Co = Mk} (1 — 2a)

Gz /52 s2
Yoo = T:_(w_f + pf) (—w_f—{_ l)

A el 2/3><S_i+ pz)

Sz (OF] =

we have

Similarly

and by letting
Cis= —J,N:ik, (1 — 28)

and substituting back into Y,

The cofactor Y., is given by

_ Mk (1= 24)( s
e \ )

=Sk

2 2
S (OF]

and the coefficient is replaced by
Cos = — Mo]lokl (1 - 2‘1)

Cosf s*
Y, = s23(2§+ p?)

— (i,z + p)

so that

Finally,

2 2
§ [0%%

and in terms of Eq. (A-64),
Yiu= —Yis

(A-63)

(A-64)

(A-65)

(A-66)

(A-87)
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"But, from Eq. (A-62) and (A-64),
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and

Y;M:—M‘Jm 1“201 /_S;; >

s \ o}

and in terms of Eq. (A-65),
(A-68)

For the configuration of the spacecraft shown in
.Fig. A-1, the approximate natural frequency is o, = 16.0
rad/sec.

The plots (Fig. A-5 through A-7) describe graphically
the effect of varying the mass of the solar panels, the
relationship between the location of the center of mass
of the panels’ coordinates, and the changes due to per-
turbing the spring constants about the hinge line.

The roots of the determinant and cofactors vary as the
solar panel parameters vary. The mode of variation was
studied for the case when the parameters of one solar
panel were varied with respect to those on the other
panel. The results are indicated in the figures; however,
the Y., and Y., terms are eliminated since they do not
vary appreciably.

Finally, the result which we desire is the equations
which affect the autopilot, since this transfer function
will lead to the model to be used in the study of the
autopilot mode. Therefore, we are interested in the
transfer function 6,,/r,.

From Eq. (A-30),

1
0 = = (YaoF, + Yso1y)

|Y]|
For F, =0,

we know Y., and |Y| so
that

From the above expression, as the differences between
the solar panel characteristics become very small, then

sz }’Jf
e

Po—> Pa
Pa—> P1

Thus for identical solar panels,

and

(A-70)

This is verified by the fact that p, ~p, in Fig. A-5
and A-6. Hence, Eq. (A-70) is the approximate transfer
function for the yaw axis when the solar panels are
assumed to be approximately equal. The roll axis accel-
eration is given as

Tz

0::Z

and the spacecraft is again assumed to be a rigid body.

(A-T1)

The analysis of structural dynamics was supplemented
by frequency response tests of a spacecraft, as described
in Fig. A-7. The tests showed a good correlation between
the actual response and the analysis for the solar panel
bendings. On the other hand, the linearized model of
the high-gain antenna was proven to be rather crude.
As expected, the antenna exhibited various resonances,
such as compounded bending and torsion. Some struc-
tural crosscoupling was also evident.

3. Spacecraft Frequency Response Test

The analytical study of the spacecraft dynamics was
supplemented by a frequency response test. The space-
craft was suspended as shown in Fig. A-8, so that the
effect of gravity was minimized. Torque was applied to
the spacecraft about each principal axis by means of
two linear force transducers. Measured were spacecraft
angular velocities (by rate gyros) and solar panel move-
ments (by linear transducers).
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FORCE APPLICATION
FOR YAW TORQUE

—~————FORCE APPLICATION
FOR PITCH TORQUE

FORCE APPLICATION FOR ROLL
TORQUE

Fig. A-8. Test set up, spacecraft frequency response

Figures A-9 through A-14 show the gyro outputs for
various torque inputs. Computed gyro outputs are also
shown for comparison. The deviation of the experimental
voltage from that computed in the low-frequency region
is due to the suspension resonances (0.1 ~ 1 cps). The
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I,

deviation in the high-frequency region is due to gyro
poles (about 10 cps). Figures A-15 and A-16 show the
solar panel movements. A sharp dip before the peak
resonance exhibited by one of the panels indicates that
the panels are not identical.

The test results can be summarized as follows:

The simplified model of the spacecraft assumed in
the yaw axis analysis was found to be reasonably
accurate and useful.

. The pitch axis analysis was found to be oversimpli-

fied because of the complex bendings exhibited by
the antenna. This simple model, however, was good
enough to indicate the way the antenna bendings
affect the pitch axis dynamics.

. Nonlinearities in the structural bendings were indi-

cated by shiftings of the resonance frequencies,
when the magnitude of the input torque was varied.
Solar panel bendings indicated existence of back-
lash in their supporting elements.

Considerable crosscouplings were observed. Their
probable causes are the gyro crosscouplings, the
structural resonances of the solar panels and the an-
tenna, the products of inertia, and the suspension
system. The extent of contribution by each factor
cannot be determined, however. It should be noted
here that not all the gyros showed outputs simul-
taneously for one input. This implies that the single-
axis analyses are quite valid, since the crosscou-
pling terms in Euler’s equations of motion can be
neglected.
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Fig. A-9. Gyro output, yaw torque 7.4 ft-lb (p-p)

GYRO OUTPUT, v, p-p

JPL TECHNICAL REPORT NO. 32-663

T T T
RESONANCES:

Tl T T L L
ANTENNA SUSPENSION RODS
SOLAR PANEL \ ANTENNA
100 ! ! i) | (_
S I O 5 )

o ’\\_GYRO SATURATION LEVEL i
40 \ _ COMPUTED YAW GYRO OUTPUT ___|
\< FOR RIGID BOX

20 \\
GYRO OUTPUTS: YAW GYRO
YAW TORQUE 3.7 ft-Ib
" (p-p) RN/
6l GYRO SCALE FACTOR Q 0
2.75 v/mrad/sec })CL
; il | N
ROLL GYRO j &
| Gl Bl
N A k%\
10 A\
N N
#— PITCH GYRO|——
06 \‘ n i
\e/—compuﬂ-:o
0.4 CROSSCOUPLING FOR| —Z¥
\ PITCH AND ROLL i
]
02 AN
i 8
0.l .8
0.1 0.2 04 06 1.0 2 4 6 10

FREQUENCY, cps

Fig. A-10. Gyro output, yaw torque 3.7 ft-lb (p-p)

55




JPL TECHNICAL REPORT NO. 32-663

GYRO OUTPUT, v, p—p

RESONANCES: YAW ANTENNA BENDING

SUSPENSION ANTENNA
ROLL K Y. ¥ TORsioN
SUSPENSION Y

| I |
100 f t
| [ 1]

il T I |
60| _GYRO SATURATION LEVEL
N GYRO OUTPUTS:

40 =

\ PITCH TORQUE 2.4 ft-Ib
\ (p-p)

20 \

GYRO SCALE FACTOR |
275 v/mrad/sec

o

COMPUTED PITCH —

R(?lY-F%OM\ N GYRO OUTPUT FOR-
6 %,EW% RIGID aom7 ]
N |
4 i
|
2~ COMPUTED I rb
CROSSCOUPLING Ay ROLL
1.0 FOR YAW GYRO PITCH \
o DA RNEBN

0.6 < L YAW
1
0.4 L L—-O \

N WO
i

0.2 \

N
0.l N
01 0.2 04 06 10 2 4 6 10 20

FREQUENCY, cps
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APPENDIX B

Jet-Vane Actuator Analysis

The study of the characteristics of the jet-vane actu-
ator must preclude the analysis of the autopilot loop since

. the jet-vane actuator is the autopilot controller. A dis-

cussion of the physical actuator leads to the formulation
of a block diagram defining the closed-loop character-

_ istics of the controller and allows for a detailed study of

the stability of the actuator loop.

1. Jet-Vane Actuator Loop Analysis

There are four jet vanes on the spacecraft, arranged
as shown in Fig. B-1. Each jet-vane actuator loop deflects
a jet vane by an angle proportional to the gyro-loop out-
put signal it receives. Figure B-2 shows the mixing of
the various signals which control the motion of the actu-
ators, and Fig. B-3 is a typical block diagram.

A pitch command is produced by a signal at the inputs
to the No. 1 and 3 actuator amplifiers. An input to the

MOTOR
EXHAUST

(@) JET VANES - DEFINITION OF POSITIVE ROTATIONS

NOTES: (1) POLARITIES DEFINED PER
SPEC. FR 3-4-420,
(Hleg, |(Heg, OCT. 21, 1963, PARA. 4.4.
(2) POLARITIES OF THE
COORDINATE AXES ARE

ey, ey, DIFFERENT FROM THOSE
y IN FIG. A-1.
e, (+) &,

(3) Biy, = JET VANE ANGLE

GYRO SIGNAL

Ixy, z

(Heg, 1(-)eg,

(b) GYRO-SIGNAL POLARITIES FOR POSITIVE JET-VANE DEFLECTIONS

Fig. B-1. Jet vanes

No. 2 and 4 actuator amplifiers produces a yaw command
to the actuator surfaces. Roll commands to the actuators
are introduced by the differential inputs between the
No. 1 and 3 and between the No. 2 and 4 amplifier inputs.

ACTUATOR AMPLIFIER
AND COMPENSATION

PITCH GYRO
INPUT 27k X
p I //, 8 JET
E
: it z g
62k |
TORQUER
POTENTIOMETER by
PICKOFF
0 \JET
VANE
%7." ,\ 4$
62k |
—4-wa :1—;—4>
) 9 +Y
G ark JET
ROLL GYRO J\ VANE
INPUT . %
-0 |
27k il
YAW GYRO JET
INPUT 27k I 3 VANE
¥s 62k ‘ i ,

Fig. B-2. Jet-vane actuator loops

GYRO
SIGNAL

G ACTUATOR *_ | ACTUATOR JET-VANE
(i AMPLIFIER *| TORQUER SURFACE
GYRO k-

| B

COMPENSATION POSITION
NETWORK FEEDBACK

Fig. B-3. Block diagram, jet-vane actuator loop
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The differential roll signal is obtained by the use of a
roll-inverting amplifier. Each actuator amplifier has three
input signals, as shown in Fig. B-2; these are described
below:

1. Pitch and yaw rate plus position (from the gyros).
2. Roll-signal input.

3. Jet-vane-angle feedback signal.

The thrust-vector deflection in pitch is measured by sum-
ming the No. 1 and 3 jet-vane potentiometer outputs.

A schematic diagram of the actuator amplifier includ-
ing the compensation network is shown in Fig. B-4. The
amplifier is used as an operational amplifier to obtain
the proper loop gain. The circuit is direct coupled and
has a Class B output stage. The gain and phase compen-
sation are produced by a lag-lead network in the feed-
back path. The maximum phase lead is 56 deg at 12 cps.
The maximum output of the amplifier is +20 v across a
160 @ load. The roll-inverting amplifier employs essen-
tially the same circuit as the actuator amplifier with the
exception of the feedback network which is designed for
unity gain.

27k
5b6——————-——~wr————--
27k Zin| & /\ er
A

62k
Z
2

& Z 100K
i 100k
‘ l . . TORQUER
K I I coIL

O.1pf 733 4.7k

0O0Ipf

AL

Fig. B-4. Jet-vane actuator amplifier

2. Actuator Model and Transfer Function

The following analysis is a complete derivation of the
jet-vane actuator-loop transfer function. The actuator is
described mathematically by analyzing the characteristics
of the actuator amplifier, the actuator, the feedback ele-
ments, and then studying the models through root-locus
and frequency-response analysis.

a. Actuator amplifier. The block diagram of the ampli-
fier is found by studying the amplifier circuit in Fig. B-4.
The actuator amplifier is a dc operational amplifier;
therefore, we may assume high gain in studying that
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loop. By taking Kirchoff's node equations, the ratio
er _ (ZZo+ Z.Zs + Z,Z,)

ea - Z,',,Z,q (B_l)

where Z;,, Z, and Z, are resistances. Similarly, the ratio
er _ (lez + Z,Z; + Zzz:x) (B-Q) )
eB ZinZ:i

but in this case, Z;, is an impedance. By the substitution

of the values of the parameters into Eq. (B-1) and (B-2), _

where
100k
Y103 + 1
Z, = 100k
g — 4.k
Zi"/; = 27](
5
Zi ——— 02k
B 3.1 X 103s + 1
we obtain
er (s + 23,300)
Coppro il (s + 1000) (B
and
er B (s + 323) (s + 23,300)
zw ! (s + 1000)
(B-4)

The above equations can be rewritten in a reduced
form since the zero located at 23,300 is far enough away
from the other poles and zeros so as to be considered
only a gain term. The equations then reduce to

er

s 1
o= 86210 <S . 100) (B-5)
and
er (s + 323)
o OO F 1000) (BRI,

Finally, from Eq. (B-5) and (B-6), the relationship be-

tween the two expressions is given as

er  135X10° e
eg,., (s +1000)e

(BT)

%9yro

The equivalent block diagram is shown below in Fig. B-5.
(The frequency response of the amplifier to both a gyro
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PITCH OR YAW 5

E 23.3X%10
é, T SASE AR JE
%6 rro; S + A s +1000
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e
Bevio; 3.7

sx10%(s+323)

Fig. B-5. Equivalent block diagram of
actuator amplifier

signal and actuator position signal is shown in a later
figure—Fig. B-13; the range of the unit-to-unit variation
due to component tolerances is also indicated; the out-
put impedance of the amplifier is unsymmetrical about
its null; the resulting gain discrepancy between the posi-
tive and negative sides is about 10 to 15%.)

b. Actuator description. The actuator block diagram
is shown in Fig. B-6. The nonlinear portion of the actu-
ator contains coulomb friction in the rotor and vane
inertia. The nonlinearity is evaluated in the ensuing
analysis. By linearizing the actuator model, the induct-
ance of the torquer coil is neglected since the ratio of
the torquer resistance to inductance, (R/L)r, is greater
than 4000.

ROTOR
TORQUER COIL TORQUER AND VANE
IMPEDANCE CONSTANT INERTIA
et i i+ | [ B |1 | B
Ls+Ry t G| Gl NG
L
181
COULOMB
FRICTION
BACK EMF
i G
R’

Fig. B-6. Jet-vane actuator equivalent block diagram

Nonlinear analysis of actuator friction. The loop rep-
resenting the coulomb friction is analyzed through the
use of the describing function technique. The block dia-
gram of the nonlinearity is drawn below, in Fig. B-7.

Jo S

g i
[

-7

Fig. B-7. Nonlinear loop containing coulomb friction

At this time, we are interested in developing the trans-
fer function for the nonlinear loop B/r. To do so, the
following assumptions are made:

1. The input to the summing junction is assumed to
be sinusoidal and of the form

T = 7,SiN ot (B-8)

o

. The output is assumed to be a characteristic of a
sinusoid except for a change in amplitude and vari-
ation in phase, so that

B = Csin (ot + ) (B-9)

where

C = the amplitude of the output
§ = the phase change of the output

3. Finally, the output of the nonlinear element is as-
sumed to be a characteristic of the first fundamental
of a square wave and is given by

4
v = —L sin (ot + ) (B-10)
™

Now from the block diagram, the following set of equa-
tions may be generated:

Te

i (B-11)

and

T =9 T TN (B~12)
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By re-writing Eq. (B-11) and substituting (B-9) into it,

we have

Tel— ]Sﬂé
d -
=] (8)
d
= ]E [C sin (ot + 6)]
and finally

1
e =]JC -(‘17 [sin (ot + 6)] (B-13)

Since the sin (ot + ¢) can be expanded trigonometrically,
we have after differentiating

e = JCw (cos wt cos § — sin 6 sin wt) (B-14)

Now the nonlinearity, Eq. (B-10), can also be written as

4
= —t (sin wt cos @ + sin § cos wt) (B-15)
™

Substitution of Eq. (B-14) and (B-15) into the torque-
error expression (B-12) yields

JCo (cos ot cos § — sin § sin wt)

4
= 7, sin ot — Tt (sin wt cos 6 + sin 6 cos wt) (B-16)
s

From the above expression, we desire to obtain relation-
ships for the amplitude C and the angle 4. To do so, the
sine and cosine terms on each side of the above equation
are equated, therefore

4
JCwcos§ = — —Lsin 6 (B-17)
and
. 4r
—JCwsind = 7, — —L cos 0 (B-18)
m™

Multiplying Eq. (B-17) by sin 6 and (B-18) by cos 6 and
adding, we get

4 4

f T .

7oC08 0 — —cos?f — —sin?d =0
ks ki

Letting =it (B-19)

62

4
L cos g — —Z(cosze + sin?4) =0
A T
and
I _ A
) cos 4 - 0

finally, we get

(B-20) -

4\
0 = cost—
™

Substituting the above solution into Eq. (B-17) and solv-
ing for C, we get

4\ 4
JCo (—) = — Lsing

™ ™
and
N
C = o sin 6
or
— ol — 2 0\%
C o (1 — cos® )
= 4\
o Mo T
And since
=l
To
then

c= 7:[1 = (i:—)] (B-21)

Obviously, A must be small for this type of approxima- )

tion to hold. Therefore, the transfer function of the output
amplitude is given by substituting the expression above
for C into Eq. (B-9), which yields i

H-0-(T e

To simplify the above transfer function, we let

ey -
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and finally we have
18] _ a
0 (B-24)

In the above expression, the term a acts as a gain term
that deteriorates the signal; if the nonlinearity did not

-affect the loop, then the transfer function would simply

be 1/Js. The diagram describing this nonlinearity is
shown in Fig. B-8. Now the jet-vane actuator loop may
be simplified by the addition of this nonlinear approxi-
mation as shown in Fig. B-9. The block diagram is fur-
ther reduced in Fig. B-10, and the actuator transfer
function is then given by

eii = Ki (ﬁ?) (B-25)

40°

50°

60°

T.0}°

80°

90°

Fig. B-8. Torquer-describing function when coulomb
friction is assumed

Fig. B-9. Simplified actuator block diagram

é.
e + 233 x 103 [ RRe B
vio™ 37 A s + 1000 S(s +a)
Y
s X103(s +323) laacl | 286

Fig. B-10. Block diagram, jet-vane actuator model

where

KEKTa
a—=——— B-26

Bl i
The back emf constant, K., is approximately 0.25 v /rad /sec
in the linear region. The saturation characteristics of the
back emf were not investigated due to measurement dif-
ficulties. The inertia of the actuator motor is given by

hzwxm%ﬁbﬁ>

rad

The position feedback is sensed by a potentiometer; the
scale factor is given as 28.6 v/rad. Therefore, the final
block diagram of the actuator is given in Fig. B-11.
Empirical tests studying the response to a square-wave
input indicate that the value of a ranges between 20
and 30 rad/sec. The extreme range of variation is esti-
mated to be from 10 to 50 rad/sec.

JET-VANE ACTUATOR LOOP

é
86vRO 33 % 105 (5+323) B
53+52(1000+a) +5 (13.7 X 103 a) +4.13x 106 a

14

Fig. B-11. Block diagram, jet-vane actuator closed-loop
transfer function as a function of the
nonlinear elements «

c. Root-locus analysis. The final transfer function of
the actuator loop is given as

B

O9yro

(4
3.3 X 107 (s + 323)

(s* + 5* (1000 + a) + 5 (13.7 X 10°%) + 4.13 X 10°)
(B-27)
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The root locus is found by examining the characteristic
equation of the transfer function; hence,

(s + 323)

= 4 —
1+ KGH () =1+ 127 X 10 s = = 0
(B-28)
and
127 X 100 —8F32) ____ ;g

s (s + a) (s + 1000)

A value of @ = 10 rad/sec is used to represent the worst

rad/sec in order to point out the range of variation. The
results of the analysis indicate that the actuator loop is
unconditionally stable. Typically, the transfer function
of the actuator is given for « = 25, by

B 3.3 X 107 (25)

(s + 753) (s* + 272s + 1.37 X 10%)

e"gyro

(B-30)

For the above transfer function, the frequency is approxi-
mately f, = 60 cps, and the damping ratio is ¢ ~ 0.366.-
Finally, an approximate transfer function can be given by

case condition and is shown in Fig. B-12. The effect of B__ _008rad/v (B-31)
compensation variation on the loci is also indicated in I 4 2s o
this plot. The root-locus also shows the locus for a = 50 02 o
]{900
RANGE| OF

a =10 Ap = 1.33 X 10> (1.1 ~ .61 X 10°)
[« =50 4 = 665 x 10° (5.5~ 8.05x10°)
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Fig. B-12. Root loci, jet-vane actuator loop
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3. Jet-Vane Actuator Characteristics

The frequency response of the amplifier to both gyro
signal and actuator position signal is shown in Fig. B-13.
The description in Section 2a (Appendix B) discussed the
essential information.

Due to the coulomb friction in the actuator, the actu-
ator loop exhibits hysteresis characteristics. The magni-
tude of the hysteresis corresponds to #+0.055 v of input
-voltage, or +0.11 mrad of spacecraft attitude. The dc
characteristics of the actuator are shown in Fig. B-14.

The closed-loop actuator was studied in several ways.
First, according to root-loci, the bandwidth of the actu-

ator loop should be above 50 cps under normal condi-
tions (K, ~ 2.5 X 10°, « = 20). However, such response is
realizable only for very small input signals. As shown in
Fig. B-15, the frequency band is limited for large input
signals. This is due to amplifier saturation, which effec-
tively reduces the loop gain. The amplifier saturation
also causes jump resonance in the shaded region of the
Fig. B-15.

The effect of the amplifier saturation is also evident
in the step-input response, as shown in Fig. B-16. For a
small input signal, the rise time is less than 7 msec.
However, it increases to about 15 msec, as the magnitude
of the input increases. The mechanical limit will be
reached for a step-input above 5 v.

400 l l l
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200
> e
k B RANGE OF
z GYRO SIGNAL | g VARIATION
< 100 = - — =
(G Y i e
& go = = I
= ACTUATOR POSITION SIGNAL |+ 4" 1] s \\
S 40 == N
= it
r R
\\
20 R
§L
10 3
90
45 ACTUATOR POSITION SIGNAL
=
o - ~ \
© = ey
o = =0
5 0
\Q\GYRO SIGNAL
e NN
T N
\
N el
-90 ——
ol 0.2 04 06 [ 2 4 6 10 20 20 60 100 200 400 1000 4000
FREQUENCY, cps
Fig. B-13. Jet-vane actuator amplifier, frequency response
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Fig. B-14. Jet-vane actuator loop, dc characteristics

Despite the nonlinearities in the loop, such as satura-
tion and friction, various tests indicate a reasonably good
correlation with linear analysis. The jet-vane actuator
loop dynamic characteristics can be summarized as
follows:

1. The loop is stable under any normal conditions.

2. The loop is sensitive to =0.11 mrad of spacecraft
attitude.

3. The frequency response is flat to at least 10 cps.

4. The loop will exhibit jump resonance, but the effect
on the actuator is not considered detrimental.

5. For a step input signal, the rise time ranges from
7 to 15 msec, and the overshoot is less than 21%.

4. Effects of Torque and Thrust

Assuming that the deflections of the jet vanes are rela-
tively small, the torque characteristics of the vanes are

66

approximated by constants. Therefore,

K, = % = 16.1 ft-Ib/rad (for 2 vanes)

z

K:, = K-, = 16.1 ft-1b/rad (for 2 vanes)
K;, = 1.67 ft-Ib/rad (for 4 vanes)

The value for K-, or K; , is dependent on the torque
arm length or the distance between the center of lift.
and the center of mass of the spacecraft. The value of
16.1 ft-Ib/rad corresponds to an arm length of 2.16 ft.
In more recent studies, this arm length has been deter-
mined to be smaller, or 1.87 ft. The corresponding value
of K;_for this new moment arm is 13.9 ft-Ib/rad. How-
ever, the analog-computer simulation is conducted based
upon the earlier measured value; for simpler analyses,
both values are used.

The orientation of the motor thrust with respect to
spacecraft structure is shown in Fig. B-17. From this
diagram, approximate expressions for F,, F, F. and
7. and r, can be derived as functions of the motor thrust,
F,, and the jet vane deflections g, and B,.

For the yaw axis,

F.‘: Fo
F, [ ~| (x component of F,) + lift
Ty TDy + TS!I
1 0
F,
=] +(0+a), K : (B-32)
Ci(p—A4)y '_KT,, "
For the pitch axis,
H 1 0
F,
F,{~]| —(0+2A), —K; g (B-33)
Tz Cl (P - AA)z —K'r, ‘ )

where
mp = disturbance torque
s = corrective torque applied by the jet vanes
K, = K-/p = lift constant of two jet vanes

C, = C.G. offset from motor centerline
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‘ C, = distance between planes of C.G. and lift center
A4 = angle between motor centerline and thrust vector
(D= CO/CI
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Fig. B-17. Midcourse motor-thrust orientation with
respect to the spacecraft
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APPENDIX C
Spacecraft Autopilot Mode

The spacecraft control loop is altered during the mid-
course thrust phase by the addition of the jet-vane actu-

- ator loop. The jet-vane loop is included as part of the

attitude control system in order to maintain the thrust
vector of the midcourse motor pointed through the center

.of gravity of the vehicle, and thus to provide for the

stability of the spacecraft. The block diagram of this
phase of the attitude control of the Ranger spacecraft
is composed of the block diagrams developed in Appen-
dices A and B. The autopilot loop is shown in Fig. C-1.

SPACECRAFT DYNAMICS

2 + Hrs+1) 6
Js2(rps+1)
GAIN Ke Ke [ras+] | GYRO

JET-VANE ACTUATOR

Kols+0) g

5(52+2 LwpS +wf)

Fig. C-1. Autopilof loop, midcourse thrust phase

The following sections discuss an analog-computer
simulation and analysis of the closed-loop autopilot mode.

1. Closed-Loop Autopilot Characteristics

When the autopilot loops are integrated into the atti-
tude control system, Eq. (A-9), (A-24), and (A-66) are
modified since the torque is now also a function of the
jet-vane correction torques; therefore

Thi —TD: TSi:TDi—giHi(S) i=x,y,z

2

(C-1)

_ where

H (s) = transfer function% = KoGoa (5) K.Ga (s) K+

rp = disturbance torque

ry = corrective torque applied by the jet vanes

These equations are introduced into the expressions de-
fining each of the axes and solved through the use of
both analytical and analog computer simulation tech-
niques. A detailed description of the pitch and yaw

channels is analyzed, and the roll channel is also dis-
cussed.

a. Pitch axis autopilot. The closed-loop equation for
the pitch axis is obtained by substituting the expression

Ty = W T éer (S) (C'Z)

into Eq. (A-9); therefore,

Fz Mo 0 N3 z
i ngz' (S> - 0 ]z‘ ]30 0
I o

0 Ns ]30 <]? =1 ';) ¢3

(C-3)

The above matrix expression can now be rewritten and
generalized so that

F. L1 %1 T 02 %

mm, |=| % %+ He(s) %26 6 |=[X] 4,

0 51 Xs2 Xss | s és
(C-4)

To solve the above matrix, we take the inverse

z XL X

ol O i 1

= 'X,l X3, 22 (C-5)
50 TD

b3 Xis 23 i

where
|X’| = | X| + Hq (s) Xz
w=Xu+H, (3) X33

Xiz = Xi»
15 = Xis — H;(8) x5
5 = X
22 = Xao
23 = Xos

Now the simplified pitch autopilot loop in Fig. C-2 is
used to obtain the equation to construct the root locus
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Kg(2s5+1)

KaK: | e

Fig. C-2. Closed-loop pitch autopilot

in Fig. C-3. Therefore, from Eq. (A-14) and Fig. C-2,
we obtain the transfer function

2 2
(G ()
™0, . (TGS+1)G+1)

0 TENGENG w2

1 2
. 5 (S— + 1)
32

S2
9, Lo 1.54 mrad /ft-1b (m o l)

w,  &[X| s s s*  0.02s
(0.5 o 1)( 14" 1)(18.42 184 T

(C-6)

which reduces to

when the following substitutions are made:
oy = 18.1rad/sec
v, = 18.6 rad /sec
J. = 90.0 slug-ft*/rad
K¢ = 505 v/rad
K, = 0.08rad /v
K, = 16.1 ft-Ib/rad

The root locus is constructed from the characteristic
equation

sz
(2s +1) (m—_, it 1>

K, > =-1 (€7
N
g <18.62 R 1)
where
K, = chﬁf_ (C-8)

The value of K, is chosen as 7.2 rad/sec? for the transfer
functions in Eq. (C-7). The value of K, is smaller in the

70

50 =
J (%3
JillS

KeKg K+
o~ ‘/X
j10
/5

(5]

'Y

& k=9 8 |7 6 B 4

3 o +—t — — %@#

3 (2)

=5
_/5
-j10
-j15
j 20 -#Jf
= ow -20 -5 -10 -5 -0

Fig. C-3. Root loci, simplified autopilot pitch axis

analog computer simulations since the moment of inertia
was larger, i.e., when

K, =72rad/sec?, ], = 90slug-ft*/rad
and

K, = 5.96rad/sec?, J,= 109 slug-ft*/rad

From the analog computer simulation, the step input

responses to step inputs of F. and r, are shown in "

Fig. C-4 and C-5, respectively. The lightly damped oscil-
lations produced by the antenna are quite evident here.
The antenna eventually ceases to oscillate under constant
linear acceleration.

b. Yaw axis autopilot. The analysis of the yaw axis is
difficult due to the effects of the solar panels. However,
under the proper assumptions and approximations, the
analysis can be undertaken.
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The inclusion of the autopilot loop in the yaw channel
necessitates the changing of the closed-loop transfer func-
tion; therefore, by substituting into Eq. (A-23) with

7y = 10, — 18, = 70, — O,H, (5) (C-9)
we have
Fz— F, o ’_yn Yz Yis yu— 2_
Ty | Dy T b'yHy (s) | Y21 Y22 Y2z Yo b,
N 0 - Ui Ys2 Yss Yss | 1
0 Ysi Ysz Yus Yau | 2
(C-10)
and therefore
F. Yu Y12 Yis !/141 z 4
™y [ _ | Y Y RH ()i G — ] B,
Y e cee g, s
va 5 5 % 550 oo o ¢2J 47'2
(C-11)

The primes denote the matrices and elements for the
closed-loop autopilot. The inverse of Eq. (C-11) becomes

. Iz 7

z u Y

f, e Y| B

ol I (C-12)
b1 |Y| 13 53 TDy,

2 T Yi

= = =

where Y;; is the cofactor of y;;.

Since [Y’] differs from [Y] in only one element Y3,
Eq. (C-12) can be rewritten in terms of the open-loop
parameters without additional complexity, as follows:

|Y'| = |Y| + Hy(s) yo-
4 = Y + Hy (8) YssYas

Y, =Yy,
s = Yis — Hy(8) YsiYua
Yis = Yi — Hy(S) YarYss
2 =Yu
2o = Yo
25 = Yag
5= Yo,

7/

The roots of |Y’| are shown in a root-locus plot in
Fig. C-6 and for a simplified yaw axis loop in Fig. C-7.
The second-order poles of the gyro loop and the actuator
loop are ignored. In plotting these loci, the solar panels
are assumed to be identical or nearly identical. The loop
gains indicated along the loci are expressed in terms of

KKK,

K,
Jy

(C-13)

where, again, Ks, K,, and K- are the dc gains of the gyro ~
loop, actuator loop, and torquing constant, respectively.
For

K; = 16.1ft-lb/rad, K, = 5.96 rad/sec*

25
20
Ko= 4
S
6
7
Q
15
Ko KoKz
Ko =
Jy
10
5

w, rad/sec

/
.
L
A
Q

-5
-10
-15
g
-20 ]

=25 -20 =15 -10 -5 -0

Fig. C-6. Root loci, simplified autopilot yaw axis
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52
|
o, + < 162 > &
i 2 sz
e |9A32+|>
Y
Kg(2s+1)
KaKe

" Fig. C-7. Simplified block diagram, yaw axis autopilot

and for

K; = 139ft-lb/rad, K, = 5.15rad/sec?

The effectiveness of the autopilot loop can be expressed
in the form of 6 /7, characteristics, as shown in Fig. C-8.
The approximate transfer function for K, = 5.96 rad /sec?
and », = 16 rad/sec is

1.54 mrad /ft-1b <— + l>

o B s, 02
g (05+1)<130+1)<18 ®

(C-14)

0y Yo

An interesting result to be noted here is the behavior
of the solar panels. When 7, is the only input to the
autopilot,

¢1 =L Y:”i Al Yz:s
wpp: | oF [ s G () Y )
E 2.5 mrad /ft- lb(16 331)
Wi 0.2s
(E—’_ 1) <E+ l>(18_ i 18 S l)
(C-15)
When F. is the only input,
W mlal it 0.0442 mrad/Ib (s )
IR | i)
0 5 13 16 332
(C-16)

Thus, F. and 7, excite the solar panels at different fre-
quencies. Moreover, the solar panel oscillation due to
p decays, while that due to F. does not. This phenome-
non is evident in the analog computer simulation to be
discussed.

4] i | | [, |
[ [ K138 ft-Ib/rad
2

==

Z TT . 6 /7, RESPONSE—YAW AUTOPILOT
M S am 16 fr-ibfrad TIRG T T
0.6 \\ ]
. N ‘
0.4 ‘\
2 0.2 |
& N\
= \
S 0.1 S ol
E 006 \\
é\ 04 IR
> \ ‘
@ |
002, !

0.006 \
0.004 l [ N\

0.002
0.001 \
0.00! 0.01 0.1
cps

Fig. C-8. Frequency response, yaw autopilot

The effects of the higher-order poles of the gyro loop
and the actuator loop are studied next. The spacecraft
is assumed to be a rigid body. The root-locus of Fig. C-9
shows the autopilot behavior when the worst-case trans-
fer function is used for the gyro loop, and the actuator
loop is approximated by a transfer function for a large
signal. For example,

$
e K(; (63‘}' 1)

=4 — = L
60° * 60
K,
L =KG) = g
! —+ 41
(5+251)
o K, (C-18)

s 1.2s
(7_02 e 1)
Figure C-10 shows the root loci for smaller signals, i.e.,
o, = 300 rad/sec and ¢, = 0.3. As is depicted in Fig. C-6,
C-9, and C-10, the linear analysis indicates that the sta-

bility of the autopilot is in no way threatened, although
some of the complex poles are lightly damped.

When the higher-order poles of the gyro loop and the
actuator loop were incorporated into Eq. (C-10), the com-
plexity of its solution increased considerably. Therefore,
the autopilot model was simulated on the analog com-
puter. (The mechanization of the computer model is
drawn in Fig. C-39.) A summary of the results from the

73
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Fig. C-9. Root loci of gyro and actuator poles,
yaw autopilot, worst case

simulation are presented in a series of traces from the
computer outputs. For step inputs of F. =55 Ib thrust
and r,, =1 ft-Ib of torque, Fig. C-11 and C-12 show
the spacecraft response, respectively (the solar panels are
assumed to be identical). Recorded on the traces are the
spacecraft attitude, ¢; the gyro amplifier output, €ump;
the instantaneous pointing error, F,/F.; and the solar
panel deflections, ¢, and ¢.. The behavior of the solar pan-
els mentioned before can be observed in these figures
(C-11, C-12). The effects of the two solar panels not being
identical were studied next by changing the parameters
of one solar panel, while those of the other panel re-
mained fixed. The parameters varied were the mass, the
distance between the solar panel center of gravity and
the hinge line, and the spring constant about the hinge
line. The results are shown in Fig. C-13 through C-18

74

Jw, rad/sec

350
300
‘\ Jjw= 298 rad/sec
X
35 -
20
YAW AUTOPILOT

150

100

K= 5
oL o %
=150 -100 =50 o] 50

Fig. C-10. Root loci of gyro and actuator poles,
yaw autopilot

for a 5% variation of these parameters. It should be noted
here that the parametric variations do not affect the -
spacecraft attitude very much.

¢. Roll axis autopilot. Since the spacecraft is assumed _
to be rigid about the roll axis, the root loci are identical to
those shown in Fig. C-9 and C-10. The loop gain, K,,
however, will be 1.15 rad/sec®. For the reasons stated
previously, the roll axis autopilot is not studied in any
greater detail.

2. Autopilot Pointing Error

The autopilot characteristics discussed above are useful
in the analysis of the study of the error in the corrective
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Fig. C-11. Yaw axis response to a force, F, = 55 |b, assuming identical solar panels

velocity increment produced during the midcourse ma-
neuver. Since the function of the autopilot is to maintain
the thrust vector in the direction of the desired corrective
velecity (inertial reference line), the error discussed here
is limited to the directional error. This error is caused
by a transverse force due to the deviation of the motor-

“thrust vector from the inertial reference line. The direc-

tional error is henceforth called a pointing error and
expressed by the ratio of the transverse velocity to the

‘total velocity achieved at the completion of the midcourse

maneuver. Therefore, we have

Up
(M

_ (vi o
v,

ty

NCDEIEE i
E.dt

ty

where

t; = the duration of the thrust on time
vy = transverse velocity

v; = components of the velocity produced by the mid-
course motor thrust, i = x,y,z

F; = components of the motor thrust, i = x,y,z and
F,~F,

The pointing error is analyzed under the following
assumptions:

1. When all the gyro-loop signals are null, the angle
between the z-axis and the inertial reference line
is zero.

2. The centerline of the midcourse motor coincides with
the z-axis.
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Fig. C-12. Yaw axis response to a torque, 7, = 1 ft-lb, assuming identical solar panels
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3. Uncertainties in the location of the center of the
spacecraft mass and in the thrust direction are dis-
tributed circularly about the z-axis; no crosscoupling
exists between the x and y axes. What these imply
is that the computation of the maximum pointing
error is resolved to single-axis computation. Hence,
Eq. (C-19) becomes:

ty ty
/ F,dt / F,dt
0 0

= = (C-20)

ty o
b / F.dt / F.dt
0 0

4. The motor thrust is a step function.

Up
(M

5. Misalignment in the jet vanes is negligible.

6. All the rotations involved are small enough that
small angle approximations hold.

The following analyses are made for both the rigid and
non-rigid body cases.

a. Rigid body case. A simple computation is first made
to estimate the magnitude of the pointing error by assum-
ing a rigid body for the spacecraft dynamics. Under this
assumption,

|Fe| = |Fy|

76

Equation (C-20) can be further simplified by neglecting
the transient portion of the spacecraft response, as follows:

or| By Fo_Fy

v.|, F. F, F, (G2l
where the subscript f denotes the final time.

From Eq. (B-32):

F,=F,(0; + A,), + Ki8, (C-22a)

sz = Fg (0; + AA)y + KLBy, (C-22b)
Since

o L C.F, — A
KLIBVy‘ Cz C.z C2 (P 1)y
and
D CIFD
g, =—L =—"2(,— A

T TK, T TR, T Ay
Eq. (C-22b) becomes:

C.F, C

F.z'[ = Fo l:m(l) - AA)y iz AAy G C—:(p — A‘.l)!,]
(C-23a)




JPL TECHNICAL REPORT NO. 32-663

%§F = W/wy ‘q) 66 — 4 Joj asuodsai sixp mp, ‘g1-) "By

ST TR T T i e s e i n maann NAREARERIAA] ,F,,.mum_.r
— A A A A A A A i= w
== .h.tllA_wi‘huu».‘. O R TR FRR TR s rR e PR R TR T e ] T AR AR SN AN AN A RN - : Q\D» ’ ¥ ‘» 2? > 3: v > EE=
— A A A A A A WA §
b —f=— — = — — - — — —1 T .IWHL”Y"A“\I = *
= = === e e e e T
‘.rﬂ ||.1 =t ey e l‘\ vl - w o L =i v IY g - I“‘ = AM_H i Mv‘l.
- _ 3 HH \IWI
= Sisanasaniogan/iaRsaiannninn LAFRAA) Lidiiil ==

-
il

T

T
{

= i e oy v

posw ‘'¢  posw ‘%P

poaw % /%

A ¢dlll08

posw ‘g

77



JPL TECHNICAL REPORT NO. 32-663

-

6, mrad

€ompr V

ol ol

f / Fz, mrad

R A OO

il

I
!
f

Fe

o

Hl0 (A

-l

o

LI

Y

5|

¢, , mrad ¢|,mrod

[ T

= ==

‘
>
2l
gl

Fig. C-14. Yaw axis response, 7 = 1 ft-lb, Am/m = +5%

and

F C,F C C,F C
ey (Caia, On By G
F,) (]]/K(, + C_,) Py + <1 ]_I/Kn C2>A‘l!/

(C-23b)

Solutions to the above equations were determined for
the following cases (referring back to Fig. B-17): For
C,=179 ft, C, = 2.16 ft, and K, = 5.96 rad/sec?,

F,
=2 0.98p, + 0024, (C-24)

and for C, = 15 ft, C, = 1.87 ft, and K, = 5.15 rad/sec?,

E:
L = 0.95p, +0.054,, (C-25)

From the Ranger spacecraft specifications, the follow-
ing values were obtained:

p= —g—:’ = 4.66 mrad (C, =179ft) (C-26)
and
O B
P=T. = 5.56 mrad (C,=15ft) (C-27)
Ay = 3.49 mrad (C-28)
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With these values, Eq. (C-24) and (C-25) give

F,

?‘L = 4.63 mrad (C-29)
and

F,

?ﬁ = 5.46 mrad (C-30)

respectively, for the maximum pointing error. An inter-
esting fact to note here is that the pointing error is
highly dependent upon the parameter p and is effected
little by A,.

b. Non-rigid body case. In this section, the effects of

the structural resonances on the pointing error are investi-

gated by simulating the midcourse-maneuver propulsion_

phase on the analog computer (details of the simulation
are described in this Appendix C, 4). The pointing error
is expressed as the ratio of F,/F, and F,/F. to simplify
the computer mechanization. This is somewhat justified
(but not too rigorously) below.

Since the autopilot is stable, F, is bounded and can
be written as

Fo=f,+fit+f. (C-31)
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Fig. C-17. Yaw axis response, F, = 55 |b, Ak/k = +5%
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Fig. C-18. Yaw axis response, = 1 ft-lb, Ak/k = +5%

where
fo = constant force

f1 = decaying force

f» = F, sin ot = a sustained oscillation

Then Eq. (C-31) can be rewritten as

t t T
ﬂ_LFmth+£ﬂm+ﬁﬁ&
T “Ft F.t F.t

T /F,dT

¢ fl
—d-
s [ F, F,
T 4k - oiF, <0 ot (C-32)

As the time increases, the value of the second and third
terms of the above equation decreases; hence,

Urp fo

Vs /07

Rewriting Eq. (C-31) in another form,

3o Wi F, .
E = F_o ot F—lo 4 F—OSIHwt (C-33)

it can be seen that the dc portion of F,/F, approaches
the pointing error as time increases.

The midcourse analysis was conducted by simulating
the following parameters:

p = *+5.0 mrad

Ay = +=4.0 mrad

A compilation of the results obtained from the analog
computer simulation is presented in the following dis-
cussion. Figures C-19 and C-20 show the response for
the yaw axis when the solar panels are assumed to be
identical. It should be noted here that the value
(F,/F. + 2A,) is recorded instead of the ratio F,/F,. This
is due to a sign reversal in A, in mechanizing Eq. (B-32).
Since A, is constant, we simply subtract 2A, from the
trace. The effect of the spacecraft being misorientated
by =+5.0 mrad during the thrust phase is shown in
Fig. C-21 through C-24. The perturbation of the solar
panel characteristic parameters is presented in a series
of traces, Fig. C-25 through C-32. The results in the traces
for F,/F, are related to Eq. (C-32), i.e., oscillations in
vp/v. reflected in F,/F, should decrease considerably
in magnitude after a sufficient interval of time (estimated
to be approximately 10 sec). Figures C-33 through C-38
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Fig. C-19. Simulated midcourse, yaw axis, p = +5 mrad, A, = +4 mrad, §, = 0, identical solar panels

show the simulated results of a similar study for the
pitch axis.

The following characteristics are summarized based
upon the simulation results:

1. The maximum pointing error is about 5 mrad.

2. The gyro amplifier voltage seldom exceeds =5 v and
never exceeds +10 v.

3. Unmatched solar panels affect the transient response
of the spacecraft considerably, but the final pointing
error is not affected appreciably.

4. The effects of the gyro-loop poles are negligible.

5. The duration of transients in F,/F, is short (less than
3 sec) when compared with that of the midcourse
propulsion duration. This means that the pointing
error can be computed by Eq. (C-23b) with sufficient
accuracy.

82

6. The maximum jet-vane deflection is approximately

15 deg.

3. Summary of the Autopilot Analysis

The results of the autopilot analysis are summarized
below:

1. The autopilot is stable at the present loop-gain set-

tings of

o KgKaK'r

K, 7

=5 ~ Trad/sec?

for pitch and yaw, and
K, = 1.15rad/sec?

for the roll axis. The gain margin in the yaw or
pitch axis is such that the gain can be approximately
doubled, before the loop exhibits unstable charac-
teristics.
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1o

During the worst-case analysis (5% mismatch in the
solar panel parameters), the gyro amplifier voltage
remains below 10 v. Therefore, the amplifier should
be well within the saturation level, even when cross-
coupling and noise are taken into account.

. During the worst-case analysis, the jet vanes do not

reach their mechanical limits and therefore do
not saturate. The maximum deflection observed is
about 15 deg.

. Gyro and structural crosscouplings do not appear

to be detrimental to the autopilot stability. Addi-
tional pointing error due to crosscouplings is esti-
mated to be 2 or 3 mrad at most.

The maximum expected pointing error of the mid-
course propulsion phase due to the autopilot alone
(single axis) is 6 mrad.

. If the midcourse propulsion were to last for a short

period of time (say less than 4 sec), then the pointing
error vy/v., might be higher than expected due to
transients, although v, itself would be small.

. The directional accuracy of the thrust vector de-

pends mostly upon the spacecraft C.G. offset, and

very little on the uncertainty in the direction of the
motor’s thrust.

Flexible structures, such as the solar panels and
high-gain antenna affect the transient response con-
siderably. The final pointing error, however, is not
affected appreciably, when the solar panel param-
eters are matched within 5%.

There are several areas in which additional studies are
recommended. These are:

1L,

)

The effect of the unmatched solar panels on the
pointing error during the first few seconds of mid-
course motor thrust is of interest (in terms of v;/v.
and v, rather than F,/F.).

Analysis of gyro voltages during the three-axis oper-
ation of the autopilot is also of interest.

4. Analog Computer Mechanization

The recordings presented in the preceding section are
based on the analog computer model discussed in this sec-
tion. The parameters, equations of motion, and forcing
functions are each presented.
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a. Parameters. The characteristic parameters of the
spacecraft model and the associated gyro and actuator

models are written below.

M, = 25 slugs
J. = I, = 109 slug-ft*/rad
I, =], = 6.46 slug-ft*/rad
Js = 2.37 slug-ft*/rad
Jio = J20 = 10.48 slug-ft* /rad
Jao = 4.27 slug-ft? /rad

Additionally,
F,=55Ib
K = 16.1 ft-Ib/rad
K, =17451b/rad
p = *=5mrad
Ay = +=4mrad
C,= 1791t
90

N, = N, = 1.825 slug-ft
N, = 0.788 slug-ft

k, 162

@2 = A 256 rad /sec?
k, 182

o = ]_ = Sec? 324 rad /sec?

The choice of scale factors for the simulation was:
Imrad =1v
1ft=1v

1lb=1v

b. Model equations. The equations used in this simu-
lation are written below and programmed on the com-
puter based upon the parameters given above.
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Spacecraft dynamics. This study was based upon a
single axis simulation of the pitch and yaw axes. The
equations were developed from the matrices below:

Yaw Axis
F~ Mg 0 N1 —Ng 0 0 .Z
Ty 0 ]y ]10 ]20 0 0 éy
O | N Jw . 0 k 0fg
0 —‘Nz ]20 0 ]2 0 kz &;2
0 0 0 —1/° 0 1 0]¢
0 0 0 0 —1/s8 0 1]|¢,
(C-34)

Making a change in variable in the angular components
of the vector, i.e., §* (rad/sec?) = 1000 § (mrad/sec?), we
have

0.400F . 10

0 0.00073 —0.00073 0 0 | %
9.174r, 0 1 0091 009%1 0 0 |6
0 2825 0.1622 0.1 0 256 0 |g¢:
0 | [-282501622 0 01 0 2564
0 0 0 -1/ 0 1 0 |¢
0 0 0 0 ~1/s2 0 1 ¢
(C-35)
Pitch Axis
F.| [M, o ~ o]z
- 0 . ] 0 |4,
= v 5 (C-36)
0 Ny Jso Js ks |¢s
0 0 —1/s 1 |,
which reduces to
0.4000F, | 10 0 000031 0 ||
9.174r, 0 1 00391 o0 |6
0 1333 018 01 324 |é
0 0 0 -1/ 1 [g
(C-37)

When the solar panel parameters m, [, and k are varied,
N, I, Ji0, J20, and o3 are affected. Their approximate

relationships are expressed in a matrix form, as follows:

94

AN,
N, 1 1 0
A, 213
3 1 Grm Ofem]
m
A]l” = 2T‘rl'lllCll ﬁ} lf 0 Al
T | | Mo(A2 + Ld) M,(A\? + Ld,) T
M,
n (—%"l—) &+ 1d, Ak
20 0 TR
]20 1 ()\2 + lldl) 0 k_
3 J A+ J
(C-38)

where N; = N,, J: =]z, Jio = J20, and @ = w2.

The above matrix is given numerically as the following:

i

0]
1 1412 0
[B] =] 0.056 0.0127 0 (C-39)
1 124 0
-1 —1412 1

Gyro model. The equation of the gyro loop is given by

s
505 v /rad (m St 1)

_ & _
KGGG<S)_0_ s2 +2(§+1
62.82 © 62.8
(C-40)
Now we can write
o _ (Eame\ (o E
() em
where
s
— 1
am, (0-18 )
e—o’ﬂ = 0505— 30 5 (C-42)
<—62.82 teas T 1)
Therefore,
s
SR 1)
.49
ey _ \0495 (C-43)

Camp $
(0.183 k4 1)
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Jet-vane actuator model. The jet-vane actuator is ap-
proximated in this analysis by

K,G,(s) = B - = 0.080rad/v (C-44)

Since this is a constant, the value e, was directly fed
-into the spacecraft model.

Forcing functions. The torque and force inputs used to
“drive the system are developed for both the yaw and
pitch axes.

Yaw Axis
F. | 0 |F,
- (C-45)
Ty Ci(p—44) —K.]B
F,= (0 + A4 F, + K:By (C-486)
{ 2 3
FUNCTION UP: |Fp| p= +5mrad |Ay= +4mrad

SWITCHES

DOWN:(— | p= —5mrad |Ag= —4mrad

Pitch Axis
- [ g
Cl P i AA) '_KL Bz
Fy=— (04 A F,— KB, (C-48)

The inputs to the spacecraft model are generated by
substituting the parameters given in this Appendix C, 4.
The equations are:

F. 1 0 7F,
=t st (C-49)
2 L104p —Ag) 79{800 A1) 1988 | g
8 + Ay
F, = ( =5 )F +0.59¢,, (C-50)

/EZ
F,= — (1000) » — 0.59¢,, (C-51)

| F53
|
| o
: ‘0-|¢’|* 0.3 |
+00Y  +0.8" 0‘73 I
| oge
|
o
=
‘0‘91741»0’ |
= 09610
-0l . |
-0l 0‘%2 5
2
10
ossl6 [/~
o (O

Fig. C-39. Aufopilot simulation, yaw axis
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c. Computer model and potentiometer settings. The  in Fig. C-39 and C-40. The potentiometer settings are
mechanization of the equations given above is shown  given in Tables C-1 and C-2.

9I74tp,

Fig. C-40. Autopilot simulation, pitch axis

Table C-1. Potentiometer settings, pitch axis

Potentiometer Setting Potentiometer Setting
3 0.0400 16 0.6816
4 0.1800 17 0.8360
6 0.5520 19 0.0500
7 0.2000 20 0.0220 i
8 0.1010 24 0.0020
9 0.9032 27 0.2500

10 0.9870 28 0.6480
11 0.7290 29 0.3910
12 0.9420 35 0.2200
14 0.9150 36 0.6660
15 0.1830
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Table C-2. Potentiometer settings, yaw axis
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AM AM
7=+5% 7=+5%
e i i s;l:‘:";::‘:ls AMM- =+5% % = +5% %‘- = +5% —A,'— = +5% % = +5%
Ak Ak
e +5% b A 5%
2 0500
3 0400
4 1622 1627 1623 (1622) 1628 1628
5 1622 (1622) 1609 (1622) 1609 1609
6 5520
7 2000
8 1010
9 9032
10 9870
1 7290
12 9420
14 9150
15 1830
16 6816
17 8360
20 0220
24 0073
27 2500
28 5120
29 9610 9637 9616 (9610) 9643 9643
30 1922 2018 2041 (1922) 2143 2143
34 5120 4877 4782 5376 4782 4327
35 2200
36 5650
38 5650 (5650) 5542 (5650) 5542 5542
40 0073
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APPENDIX D

Error Analyses

A measure of the accuracy of changing from one tra-
jectory to another is derived by combining all possible
errors into an equation defining the re-orientation of the
vehicle and substituting the known system errors into
the equation. Thus, the statistical error in the sense of the
3-¢ variations may be obtained and applied toward such
things as the pointing vector, resolution, and velocity
increment. The error analysis for both the midcourse
and terminal maneuver are developed in this appendix
and the results are interpreted in terms of the physical
quantities, such as the displacement error introduced by
the maneuver.

This appendix is divided into two sections: the first
discusses the analysis of the midcourse maneuver; the
terminal maneuver is described in the second part.

1. Midcourse Maneuver Analysis

As was indicated in Section III (Trajectory Corrections)
of this Report, the midcourse rocket is not ignited until
the commanded turns have been completed. Prior to the
maneuver, the roll axis is kept pointed toward the Sun
by a two-axis (pitch and yaw) Sun sensor, and the roll
axis is controlled by an Earth sensor error signal.

The midcourse maneuver is initiated by first breaking
the Earth lock (with the Sun sensor still controlling pitch
and yaw), and rolling to the pre-computed angle. The
spacecraft then goes under inertial control (Sun sensor
control broken), and the pitch turn is performed.

+'y|$

YAW AXIS

+9y

= -
e s
+6p PITCH AXIS
ROLL AXIS

+Z|
s

Fig. D-1. Midcourse maneuver coordinates

98

a. Coordinate notation. The following parameters de-
fine the coordinate system and describe the relationships
between the various rotations of the spacecraft (see
Fig. D-1 and Table D-1).

b. Roll turn analysis. The direction of the spacecraft
body axes is known with respect to inertial space, and
forms an orthogonal right-handed coordinate system. The
spacecraft is assumed to be in a limit-cycle oscillation dur-
ing the roll maneuver. The standard roll turn, including
only the commanded-turn error, is described below.

If W, is a vector which represents the initial orthogonal

set of coordinates

X1

Y,
Zl 8

then a new set of spacecraft body coordinates is defined by

Wz, = [6%] W:, (D-1)

Table D-1. Midcourse maneuver parameter description

Parameter Description

X4, Y40 Zj Spacecraft body-axis coordinates (pitch, yaw, and roll
axes) where the index | indicates the following:
j = 1: axes before any turn
j = 2: axes after the roll turn
j = 3: axes after the pitch turn
js: standard or initial coordinates

A vector in x, y, z coordinates

Standard angle, where the index i indicates a rotation
about the following:

6 P = pitch
Y = yaw
R = roll
Ab; Initial angle errors due to the spacecraft limit cycle
86 Commanded-turn errors
Oy Standard-turn matrix
-1 Turn matrix with errors
A Matrix of initial angle errors due to the spacecraft limit
cycle




Fig. D-2. Coordinate transformation due to
a roll maneuver

where, from Fig. D-2,

cosfp sindp

[6r] =| —sinfr cosfr O (D-2)
0 0
and
X2
W, =y,
%2 _|s

define the spacecraft orientation after an error-free roll
maneuver.

Assuming that the commanded roll turn contributes
incremental angular errors, then the error-laden turn
matrix is defined as

cos (g + 86g) sin (6 + 86z) O
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Therefore, the position of the vehicle after the turn is
given by

Wopion = [22] Wi, (D-4)
so that
X2
Worum = Yo
Z2 rurn

COs (03 + 803) sin (03 + 893) 0 X1
=| —sin(fg + 80g) cos(8r + 86z) O |y,
']

0 0 zl 8

(D-5)

However, the above expression does not completely ex-
press the new coordinates. Displacement errors, intro-
duced by the limit-cycle oscillation about each of the
major axes, must be included. Figure D-3 shows the
additional error which must be added due to roll, pitch,
and yaw errors. The error matrix [A] is defined in
Eq. (D-7).

Fig. D-3. Errors due to a roll, pitch,
and yaw limit cycle

[®x] = | —sin(fr + 86z) cos(fr + 86g) O Finally, the new set of coordinates is given by the
0 0 1 equation
(D-3) W, = [A] Wz,-um (D-6)
where
+cos Afy (cos Afg) +cos Afy sin Afg —sin Afy cos Afp
—sin Afy sin Afp sin Afg —+ sin Afy sin Afp cos Afg
[A] =| —cos AfBpsin Ay cos Afp cos Aflg sin Afp (D-7)
+cos Afy sin Afpsin Afr  —cos Afysin Afpcos Ay
~+sin Afy cos Afg + sin Afy sin Ay +cos Afy cos Afp
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By assuming small perturbations, sinf ~ 6, cosf ~1,
and the product sin 6, sin §, ~ 0. Therefore, the coordi-
nates are given by

W, = [A] [@g] Wls (D'S)
and, by substitution,
X, 1 A6 Aby [ cos (0 + 80;) sin(fg + 86z) 0 ]X,
Wz = Y2 == "’ABR 1L AoP —sin (63 + 80}3) CcOs (013 + 863) 0 Y1 (D-g)
Z2 Aay —Aap 1 [ 0 0 1 Zl 8
If the commanded turn errors 86, are very small, they
may be included with the roll limit-cycle errors so that
Eq. (D-9) is written as
Wz = [A + 89};] [eg] Wls (D-].O)
Xz 1 (AGR + 801{) ’_Aay CcOoSs HR sin HR 0 X1
W.=Y, |=| — (A0 + 86¢) 1 Abp —sinfg cosfr 0 | Y, (D-11)
Zz Agy _Agp 1 0 0 ]. Z; 8

Equation (D-11) is the position of the spacecraft co-
ordinates, after the commanded-roll turn referred back
to the initial set of axes.

c. Pitch-turn analysis. Upon completion of the roll
maneuver, the gyros take over control of the pitch and
yaw attitude, and the Sun sensor error signal no longer
controls the spacecraft. The pitch maneuver is executed
by commanding a specific gyro turn rate. The turn is
made about the coordinates defined in Eq. (D-10) and
shown in Fig. D-4.

The pitch gyro input axis is assumed to be offset from
the pitch axis by the angles ¢z and —ey about the roll
and yaw axes, respectively.

X2

Fig. D-4. Pitch maneuver orientation
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Additional errors are introduced by gyro drift rates
g, op, and oy. The commanded pitch rate for the gyro
controlled turn is 8.

The total angular rate is therefore given by the vector

8, = (67 cos (+ey) cos (—eg) + wp) X
+ (épCOS(‘f‘Ey) Sin(“‘é‘k) + a)y)y

+ (@psin (+ey) + op)z (D-12)

Small perturbation analysis. An infinitesimal rotation
is an orthogonal transformation of coordinate axes in
which the components of a vector are almost the same
in both sets of axes; the change is infinitesimal, as shown
in Eq. (D-13) for Fig. D-5:

Xi — %+ lewx: + e1:%s 1 21:%5] (D-13)

Fig. D-5. Infinitesimal rotations



The matrix elements e;q, €10, 213 are considered to be
infinitesimals; hence, in subsequent calculation, only the
first nonvanishing order in &;; needs to be retained. For
any general component 2}, the equations of the perturbed
transformation can be written as

X, =X;+ 3 [es] X
- 7
or
X, =3 [8i + el X; (D-14)
i

where §;; is the element of the unit matrix and appears
in matrix notation as

X =[1+e]X (D-15)

Now Eq. (D-14) states that the typical form for the

matrix of an infinitesimal transformation is [1 + €], i.e.,

it is almost the identical transformation differing at most
by an infinitesimal operator.

It can be seen that the sequence of rotations is unim-

portant for infinitesimal transformations; in other words,
they commute. An example of this is shown below. If

[A1] [Az] — [1 + El] [1 + 82] = 12 + €1 + €9 + £1E2
then, by neglecting higher-order terms,

[Al] [A2] =1+e te= [I] + [8] (D-16)

|
0 (D-17)
1

where

and

7 [s]= —g 0 0 (D‘18)
=189 0 0

" The diagonal elements of ¢ are zero, and the nonvanish-
ing off-diagonal elements are the negative of the elements
situated symmetrically across the diagonal. A matrix with
these characteristics is said to be antisymmetric or skew-
symmetric. This property is not peculiar to the particular
matrix considered; for the ¢ matrix of every infinitesimal
rotation is antisymmetric. The quantities ; and &, are
clearly to be identified with the two independent param-
eters specifying the rotation. These two quantities also
form the components of a vector. Applying the above
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analysis to the Pitch-Turn Analysis section of this Appen-
dix, simplifies the expression for the pitch-turn vector.

Pitch turn—small perturbations. Now Eq. (D-12) can
be rewritten as

0, = (6, + wp) X + (—bper + wy) y + (Bpey + wg) z

(D-19)
Factoring Eq. (D-19) and assuming that 85 @p,
é;,=(é,,+u,,,){x+ ( —-e,;—i—f)l)y
Op
+ ( +ey + ‘;—") z } (D-20)
»

The vector within the brackets in Eq. (D-20) can be iden-
tified as the pitch-turn axis. Now if we let

and (D-21)

62:(8}"'_'(;_:)

then a skew-symmetric matrix of the turn axis can be
formulated in the same format as Eq. (D-16); hence,
we can let

[T,] = [1] + [e] (D-22)
Now the pitch-turn matrix is defined as
[®p] = [Tr]2 [6p + 805] [Ts] (D-23)
where

©p = pitch-turn angle matrix

§6p = pitch angular-error matrix due to pitch com-
mand

This equation may be reduced by assuming small per-
turbations and neglecting higher-order terms; therefore,
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[26] = [1— ] [0p + 805] [1 + ¢]
— ([1 = ¢] [04] + [80,] — [¢] [86,1} [1 + ]
= [L— ][04 [1 + ] + [80;] — [] [3/0/]
+ [86/e] [¢] — L] [8/0¢] [¢]
= [6p] + [6p] [e] — [e] [Ok]

— [e][6/6] [e] + [564] (D-24)

and

[®@p] = [0p] + [6pe — 6p + 865] (D-25)

The last three terms of the above expression represent
the errors added to the pitch turn and are given by

6, -
P > %,

Fig. D-6. Coordinate transformation due
to a pitch turn

The above matrix is expanded into the sum of two
matrices (small angle approximations are again assumed).
Therefore,

X 1 0 0
[A6p] = [6pe — £6p + 86p] (D-26) ,
Ys| = O Ccos 6}7 sin 01:
The first term expresses the error-free pitch-turn matrix Zs l 0 —sinfp cosfp
which is shown in Fig. D-6 and is given by
0 0 0 %,
W, = [6,] W, (D-27) +10 —sinfp86, cosfpdbp Yo
where 0 —cosfp8p —sinfp80p 522
1 0 0 (D-31)
[6s] = 0 cosfp sinb, (D-28)
0 —sinfp cosbp where [6,] = Eq. (D-28)
Therefore, the turn matrix is given by the expression
0 0 0
[®,] = [0s] + [265] (D-29) [86,] =| 0 —sin6,80, cosbp86, | (D-32)
0 —cos0p80p —sinfp86p
Now if the assumption were made that the turn con-
tained errors due to the command, then and
%3 1 0 0 %, W, = ([6p] + [26:]) W, (D-33)
ys |=| 0 cos(fp+ 86p) sin(6p+ 86p) | y. )
Zs 0 —sin(f,+ 865) cos(8p + 565) zz_l In order to completely define the pitch turn, the matrix
A©p must be determined. Substitution of Eq. (D-18),
(D-30)  (D-21), (D-28) and (D-32) into Eq. (D-26) yields the fol-
lowing solution:
0 e1 (1 — cosfp) + e,sinfp —e;sinfhp + e, (1 — cos §p)
[46p] =| &, (1 — cosfp) — e, sinfp —sinfp 86, cos 0 80, (D-34)
Elsin0p+£2(1_ CcOSs op) —ws9p80p —sinﬂpb‘ﬂp
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Equation (D-34) specifies the position of the spacecraft
after the pitch maneuver with respect to the coordinates
defining the location of the vehicle in inertial space, fol-
lowing the roll maneuver. The final position of the vehicle
with respect to the initial set of coordinates is of actual
interest and is given by substituting Eq. (D-10) into

. (D-33). Hence,

W, = [6p + A6p] {[A + 86z] [62] W,,}
(D-35)

Ideally, if both the roll and pitch turns could be exe-
cuted without producing errors of any type, then the
coordinates following the turn would be given by

Wi, = [65] [02] W1, (D-36)

Rewriting Eq. (D-36) with respect to the standard pre-
maneuver coordinates

Wi, = [6z]7 [6,] W, (D-37)

and substituting into Eq. (D-35), the actual post maneu-
ver is given in terms of error matrices, the actual com-
manded turns, and the desired post maneuver coordinates,
as shown below:
W = [6p + A6p] [A + 86z] [0r] [62]7* [62] WS,
(D-38)
It follows that

W, = {[6p] [A + 86¢] [6p]
+ [a6p] [A + 86] [6£]1} Wi,

(D-39)
and from Eq. (D-10) and (D-11),
i 1 (A0 + 86z) —Aby
T [A+80r] =| — (A0g + 80R) 1 Afp
5T ey —A6, 1
[1 0 0
= 10
[0 01
0 (Aeg + 801{) _Aoy
Aey —Aep O

(D-40)

The above expression has the form

1500 0 $R "fy
[A+893]= 0l ON] G —ép 0 ép
O fy _gp 0
(D-41)
[A + 86z] = [I] + [er] (D-42)
where

[I] = the identity matrix

[er] = matrix of errors due to the maneuvers

Equation (D-42) is now substituted into only the second
part of Eq. (D-39) in order to reduce the expression by
eliminating higher-order terms; therefore,

W, = {[6r] [A + 86] [6p]

+ [26p] [I + er] [62] 7} W,

(D-43)
Equation (D-43) reduces to
W; = {[6p] [A + 86¢] [65]™
+ [265] [62]7} W5, (D-44)

where
©6p = commanded pitch-turn angle
A = angular errors due to the limit cycle
86y = errors due to the roll command

A©p = offset errors due to the pitch command

W, = position of the spacecraft for error-free turns

8

The above expression may be simply written in matrix
notation as

W, = [A]W,, (D-45)
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where, upon the proper substitution,

| B e1(cosfp — 1) + e,sindp —e;8infp + e, (cos Op — 1)—
1 + (Afg + 86) cos bp — (Afg + 80) sin 0p
— Afysinfp — Afycos fp
e1 (1L — cos 0p) — &2 (sin 0p)
[All= — (ABg + 865) cos 8p 1 (A8p + 865) (D-486)
+ Afy sin 0p
g1 (sin 0p) + &, (1 — cos 6p)
+ (Abg + 805) sin 05 — (A0: <+ 80;) 1
+ Afy cos fp
L ]

The matrix A defined above assumes infinitesimal per-
turbations and neglects higher-order terms. Upon the
substitution of [A] into Eq. (D-45), an orthogonal set of
equations specifying the position of the spacecraft after
the commanded maneuvers, as a function of the errors
contributed to the turns and the desired position, is
obtained.

d. Spacecraft position after the commanded turns. The
vector representing the final position of the roll axis with
respect to the ideal or standard roll, pitch turn is ob-
tained by performing the indicated matrix multiplication
in Eq. (D-46). Three simultaneous vector equations are
obtained. The desired equation is given as

Z; = {&,(sin6p) + &2 (1 — cos fp)
+ (Afg + 86z)sin6p + Ay cos fp} X;,
= (Agp + Sop) Y3s + 238

(D-47)

This equation is represented pictorially by the vector
in Fig. D-7.

Y

|

DESIRED =
VECTOR —# “3s

z. ~—
3 ACTUAL VECTOR

Fig. D-7. Roll-position vector following the
roll, pitch turn
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The vector components of Eq. (D-47) represent the
total pitch and yaw errors introduced by the turns.
The pitch error is given as the y;, component of z;;
therefore,

geP =i (Agp + 80}:) (D-48)
The yaw error is the x; component; therefore,
05!{: == {51 (sin Gp) + e (1 — COS 01:)
+ (Aag e 863) sin (9p + Aay CcOS 61)}
(D-49)

Equations (D-48) and (D-49) represent the errors con-
tributed to the roll axis of the spacecraft for a non-perfect
turn. Again, it is mentioned that the errors were assumed
as infinitesimal so that an approximate solution could be
developed.

e. Velocity increment error. The thrust phase of the

midcourse maneuver follows the commanded turns. A ~

correction velocity increment V, is added along the space-
craft z axis by the midcourse propulsion unit. At this

time, thrust attitude is maintained in the required direc- -

tion by control from the autopilot. As mentioned in Ap-
pendix B, jet-vane actuators are located downstream of
the rocket exhaust and provide the necessary feedback
information from the vane deflections.

This portion of the analysis assumes that the velocity
increment is in error by a value 8V, and that the auto-
pilot introduces additional errors in pitch and yaw atti-
tude of §, and §,, respectively (Fig. D-8).
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Fig. D-8. Velocity increment errors

From the Pitch Turn—Small Perturbations section in
this Appendix D, Eq. (D-45) defined the final position
of the vehicle after the turns. The addition of the auto-
pilot errors leads to the extension of the expression, so that

W, = [SA/P] W, (D-SO)
Replacing W; by Eq. (D-45) yields
W, = [84,p] [A] W5, (D-51)
where
1 0 — 8y
[SA/p] =5 0 1l Sp (D-52)
8y — 9 1

Equation (D-36) is now substituted into Eq. (D-51), and

the extended matrix vector equation is given in terms
of the initial standard coordinates as

Wi, = [02]7 [02]7 [A]7 [8.4/p]7" W, (D-53)

The above expression defines the complete transforma-

tion matrix. The velocity vector increment can therefore

be defined as

Vi, = [0]7 [0¢]™ [A]*[84/p)* Vi, (D-54)
. where

Ve

lea =¥, (D-55)
Wizile

0

Vw, = 0 (D-56)

(Ve + 8V)

and
0]
V.= 0 (D-57)
Ve |
8V, = (D-58)
SV_

The incremental error transformed back to the pre-
maneuver coordinates is obtained by first expanding
Eq. (D-54).

VW18 = {[6:12 [621 [A]> [84/p1 7} Vs

+ {[02]* (0] [A]* [84/p]7} 8Vs

(D-59)
Rewriting in terms of 8V,
8V, = [SA/P] [A] [01’] [912] lea ik (D'SO)
Now if
8V, = [84/¢] [A] [65] [0r] vals (D-61)
and from Eq. (D-51)
V. = [84,2] [A] Vwas
where
VW% =0 (D-62)
Ve
then upon substitution back into Eq. (D-60)
vals = VWI' - [6-][6:] VWas (D-63)

The solution of the above velocity-increment vector
matrix is obtained by first solving for the term Vy,, , where
from Eq. (D-54) ’

lea = [0z]7* [0p]* [A]7 [84/p] 7 Vw, (D-64)
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and
cosfp —sinfrpcosfp sinfgsinbp
[6:]7[0p] =] sinfr cosfpcosfpr —cosfysin Op
0 sin 0, cos fp
B e1(l —cos6p) — e.5in0p e15infp + 2, (1 — cos )]
1 — (Afg + 86%) cos 0, + (Abg + 86%) sin 6
+ Afy sin 0p + Afycos bp + §,

[A]—l = + (AOR + 803) COS gp 1 - (Aep + Sop + 8,,)
== Aay sin 0p
—e18infp + &, (cos 6p — 1)
— (A&}z + 803) sin ep - (ABP S 801» + Sp) 1
| — Afycosfp + §, N
[8A/p]—1 = 0 il _Sp
=8y & 1
(again assuming small perturbations and neglecting
higher-order terms).
Since the V, and V, components of the Vy, vector in
Eq. (D-56) are zero, Eq. (D-64) can be written as
-, - =
cosfr —sinfrcosfp sinfysinfp e1sinfp + &, (1 — cos fp)
+ (Afg + 30) sin B + Aby cos O, + 8y
les =|sinfz cosfrpcosfp —cosfpsin b, (A8p + 86, + 8,) (Ve + 8V)
0 sin 6 cos 0p 1
L = -
The second part of Eq. (D-63) leads to the expression
cosfr —sinfrcosfp sinfgsindp |0
[6:]2[65] VW3 =| sinfr cosfOrcosfp —cosfpsinbp |0 (Vg)
8
0 sin 6p cos 0p 1,
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€1 (COS 011 - 1) + €2 Sin op

(D-65)

(D-66)

(D-67)

(D-68) ‘

(D-69)
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Subtracting Eq. (D-69) from Eq. (D-63) and normalizing
with respect to the velocity Vz, we obtain

cosfp —sinfrcosfp sinfpsinfp |z sinfp+ e, (1 — coslp)
+ (AOR -+ 803) sin 0p 4 Aay COos 0P o Sy
vala ot B _ B
v = | sin fr  cosfgcosbp cos g sin 0p (A0p + 80p + 8y) (D-70)
R

%

0 in 6 0 bl Al
sinfp cos Op (VR>
- 1 =
Factoring the above equation gives
= = e

cosfg (1 — cosfp) cosfOpsinfp cosbgcosbp

Vw,, _
Ve

sinfp (1 — cosfp) sinfrsinfp sinfdgcosfp

The above expression is of the form

8V,
——2 =[B]e

o (D-72)

The matrix B is the ideal-turn matrix; € is the error vector.

Velocity increment error vector. The velocity-increment
matrix equation in Eq. (D-72) can now be expanded by
relating the error components to €.

V=V + 8V (D-73)
where V; = velocity increment, and
8V = (VgCy + 93T + V) (D-74)

where

Cy = accelerometer scale-factor error (absolute + sta-

bility)

€2

g + Afgp + 80

cosfr sinfzcosfp sin @ sin 0p

Afy

—cos Oz sin 0p
3y

sinfy —cosfcosfp

AGp + 805 + 8,

v
(v

0 —sin fp cos 8p

(D-71)

ny = accelerometer null offset

V = average acceleration

Vr = velocity command error and tailoff variations

Equation (D-74) is rewritten as

(D-75)

Now from Eq. (D-71), if we study just the velocity incre-
ment error, then

Vi,
Ve

sin 6 sin 6 p
)
|- |-sstesnee [(&) 09
R
cos fp
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From Eq. (D-76), it is seen that the shut-off and resolu-
tion errors are derived from the z coefficient and are
given by

8V, ] : ;
VR S 03 S 0[» T
3V, | . v, Vo
—VR— = —cosfgsin fp (C"+7+VR>
8V,
Vs | cos fp |
o)
svz o 7)1.’ VT
—‘7;; = cos fp (CV + ‘—7 + VR) (D—77)

or rewriting

8V. = (Vg cosbp) Cy + (_“;R cos 0p> 7v + (cos 0p) Vi
i
(D-78)

f. Description of pointing error vector components.
Several of the components of the error vector € can be
shown to be a function of the attitude control subsystem.
For example, the error Ad; is a function of the limit cycle.
Figure D-9 shows the Earth sensor hinge axis which
corresponds to the clock (roll reference) and cone (Sun-
probe-Earth) angles « and B. Roll control is maintained
by a tight sensor tracking loop by simply feeding back
the roll-error signal. The error A4, is the summation of
errors due to the sensor characteristics and the location
of the roll position in the limit cycle and is given by

6,- =i + Ai (D-79)

HINGE LINE

Fig. D-9. Roll-attitude control coordinates
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where

7: = pitch or yaw Sun sensor null offset

A; = position in the limit cycle

The error contributed to the turn by the command is .

based on a commanded rate §; which is on for a specified
time duration, #;.

80,; = *80,T, - 018T1, ot wiTi

= —91; (Eﬁ) == (9@8T1, + u)iTi

7. (D-80)

where

80; = commanded rate calibration error about the it®
axis

8T; = resolution error in timing the turn

o; = gyro drift rate

f;
= v
80,
Ci= 4,

Equations (D-79) and (D-80) are substituted into
Eq. (D-48) and (D-49), and the total pitch and yaw
errors are given by

Pitch error:
B, = — (A8, + 86;)

860
= —np — AP + ap <—_P)+ opan — ‘”iTi

0r
(D-81)

Yaw error:

fe, = —sinﬂp(—eR + ﬂ) — (L — cos 6p) (-’reY + -u-)—k)

gp 0}’
. 80z .
— sin BP ('I]R + )tg) — 03 T + (URTR = GRSTR
R
— COS ap (ﬂy + /\y) (D-82)
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Equations (D-81) and (D-82) are combined and reformulated as the following error matrix:

e -1 0 o =7 0

(cos0p — 1)

¥ 0 —sinfp —cosfp 0 { i
P

The errors may be further reduced by breaking the
null offsets into their components.

Therefore, the pitch sensor electrical offset is given
by nx, and the mechanical offset is 7x,, The offset is
shown in Fig. D-10.

After the roll turn, the spacecraft switches to inertial
control and therefore introduces the pitch sensor null
position as its zero reference. The pitch switching ampli-
fier also introduces a null offset. A positive offset 7xg,
creates a positive angular displacement. This error is
multiplied by the factor 2 since the amplifier is offset
from the optical reference which is, in turn, used as the
inertial reference. Therefore, the total offset is +2px,
and

np = +77Xe+77xm+21]XSA (D-84)
£
VOLTAGE ‘}
. ) —
Eorrser)/ 8p

L ¥

Fig. D-10. Pitch-sensor null offset

o b 0 b6 O 0 0

sin 0p

= TRsinﬂp} —

(9 + Mﬂ
(1& + Az)
(ny + Av)

wp

7 0 Ogsindp O 6 sin 6p (cosbp — 1) sinfp C.
P

8Tp
8T

gy

€z

(D~83—)

The error introduced by the limit cycle provides an
error in the reference for the inertial instruments since
the position in the limit cycle is taken as the inertial
null position. The error A acts in the opposite sense to
the offsets mentioned above. Therefore,

’I]p+Ap= +'I]Xe+‘l7xm+21)XSA'—)\x (D‘85)
and the matrix is given by

77p+)\p=[+1 IO —l]T Nx,

NXmn

(D-86)
MNXga
Ax
where the pitch coefficients are
1
;i D-87
g (D-87)
—il

Similarly, the roll offsets are given by
e+ A = +nz, + 0z, + 2955, — Az (D-88)

However, in this instance the errors are present at the
initiation of the roll turn. The limit-cycle error again acts
in the opposite direction.
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In addition, the error created by the roll albedo asym-
metry ny, is introduced. This error is introduced through
the assumption that the Earth is a point source of light.
Therefore, the sensor may not be looking at the center
of the Earth, and the additional error is created.

The total error is therefore,

NRr +/\R = +'Iyze + N2 + 27]ZSA. + Nzg — /\z
(D-89)

The yaw axes offset errors are introduced during optical
control and create a roll displacement, such that the
spacecraft must realign the roll reference; they are also
present during inertial control.

The offset errors are given by
7y = toqy, + 9y, + 29y, (D-90)

However, the yaw limit cycling while the roll axis is
optically controlled introduces error, as discussed above
in this section of Appendix D. When the yaw axis is
switched to inertial control, this position in the limit cycle
acts as an error; however, due to the randomness of the
limit cycle, these errors are not necessarily in the same
direction, and therefore the coefficient is obtained by
taking the root sum square (RSS) of the coefficient error
sources. The yaw initial deadzone error is given as

fe, = (V cos?0p + sin? 8, cot? B) Svp (D-91)

The gyro drift-rate errors are introduced at the time
the spacecraft is put under inertial control. Therefore,
the instant the changeover is complete, the addition
of the drift errors must be accounted for.

The pitch drift-rate error is a function of the pitch
turn period and is given by

eep == Tpa)p (D-92)

where T, = drift rate-error coefficient as given by
Eq. (D-80).

The yaw-gyro drift-rate errors are introduced following
the roll turn and enter in the pitch axis, both during the
commanded pitch turn (for a yaw coefficient of error)
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and after the turn (but before midcourse burn). There-
fore, this condition is expressed by

e [5 (-E) ow

The roll-gyro drift creates a rotation about the z axis

during the roll turn and changes the axis of rotation

during the pitch turn. Therefore,

; .
e, = — [ Tpsin6p + (1 - C°; ")] on (D-94)
2

Additional error sources.

1. Capacitor leakage. The commanded turns are di-
rectly related to the charge on the gyro capacitors.
Leakage in the capacitor creates a yaw error which
is given by

fe, = (sin 0p) ar (D-95)
where a; = roll capacitor leakage; and a pitch error

e, = (—1)ap (D-96)
where ap = pitch capacitor leakage.

2. Roll sensor hinge misalignment. The antenna hinge,
which also acts in the roll sensor control loop, pro-
vides an incremental error in that the hinge line of
the sensor is not truly parallel to the x-axis due to a
slight yaw misalignment b,. Therefore,

e, = (—cotBsinfp) b, (D-97)

Similarly, since the hinge line is not parallel to the
x-axis, an incremental roll misalignment is intro-
duced, so that

Be, = sin 0,b. (D-98) -

3. Center of gravity (c.g.) offset. The center of gravity
(c.g.) of the spacecraft is not necessarily located in
the position that is specified. Figure D-11 shows the
effect of the c.g. offset. The c.g. offset angle in pitch
is given by

p— (D-99)
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Fig. D-11. Center-of-gravity offset
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The necessary thrust-vector deflection desired to
compensate for the c.g. offset error is

a= GIFB p (D-100)
where
Grp = feedback gain
p = c.g. offset angle
a = spacecraft deflection necessary for autopilot
error signal.
However,
§=a+p (D-101)
)
bep = (1 + El—) px (D-102)
FB

Similarly, the angular error in yaw due to the c.g.
offset is given by

il
e, = (l Sr 'é:;) Py (D-103)

. Thrust vector angular error. Finally an error, due to

the fact that the thrust vector does not pass through
the centerline of the rocket motor and that the jet-
vane null position is such that the thrust vector

JPL TECHNICAL REPORT NO. 32-663

does not pass through the c.g., is introduced. There-
fore in pitch, the angular error is

il
e, = (— Gmp) By (D-104)

and in yaw

Oay (— ci,,y) B, (D-105)

Roll error caused by yaw limit cycle. The optical cou-

pling of the yaw-limit cycle motion into the roll-error -

channel, when the high-gain antenna hinge angle is dif-
ferent from 90 deg, is of concern.

The axis system used for attitude control is not com-
pletely orthogonal since the Earth-probe-Sun angle is
not, in general, equal to 90 deg. Since the antenna hinge
is parallel to the pitch axis, the roll-error signal seen by
the Earth sensor is proportional to the actual roll error
multiplied by sin 8, where f is the Earth-probe-Sun angle.
In addition, motion in yaw produces a component in the
roll channel proportional to the actual yaw motion multi-
plied by the cos B. Pitch motion will not produce a com-
ponent in the roll channel. A complete description of
the above phenomena follows.

Analysis of roll error. By using the unit sphere, a graph-
ical description of the effect of the antenna hinge angle
on Earth sensor roll-error signals, as a function of space-
craft roll and yaw error, is shown in Fig. D-12. The
following nomenclature is used:

6r = roll error
fe, = error signal in Earth sensor caused by 0r
B = hinge angle (Earth-probe-Sun angle)
fy = yaw error
fe,, = error signal in Earth sensor caused by 6y
Xz, = roll deadzone
Ay, = yaw deadzone

n. = null offset—roll sensor, electrical and mechanical
<7]ze i ﬂzm)

ny = null offset—yaw sensor, electrical and mechani-
Cal ('qye i ‘l]ym)

725, = null offset—roll switching amplifier

7y, = null offset—yaw switching amplifier
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Fig. D-12. Effect-of-roll error caused by
yaw limit cycle

cos B

SIN B
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Ke

EOFFSETE
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From the above figure, the combined roll and yaw
errors are shown in respective order. The errors are as-
sumed small enough, such that small-angle approxima-
tions may be used. For the purpose of this analysis, the

arc length

-ESIIES2 = _0512 = '_(93 sin,B

and

EszEs4 = —0e

¥

(D-106)‘

= —fgrcos B

The block diagrams of the roll and yaw channels are
shown in Fig. D-13 and D-14.

The effect of a null offset on the sensors and on the
switching amplifier is shown in Fig. D-15 and D-16.

The output of the sensor is given as

TReq

Fig. D-13. Roll channel

+

E:KseiEo

(D-107)
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Fig. D-14. Yaw channel
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Fig. D-15. Sensor null-offset effect
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Fig. D-16. Switching amplifier null-offset effect

Ep

where
Ky = sensor gain (Sun or Earth sensor)
E, = voltage null offset

6 = (6p5) actual mechanical angle of the spacecraft
when switching occurs.

The voltage output of the switching amplifier is described
by the following equation:

(D-108)

+Epp = KgsE =954
where

Eps = switching amplifier deadband voltage
E = sensor output
K4 = switching amplifier gain
nsa = switching amplifier null offset
Now, substituting Eq. (D-107) into (D-108) yields

iEDB = KSA (K30 == E) == NS4
and in terms of the displacement,

Epp A _E_o
K KK K

6=+

(D-109)

For the yaw channel, Eq. (D-109) is re-written as

_"_‘ZSA_EXQ
Ky

Rk T Ronb ™ (B

where
Ksy = yaw switching amplifier gain
Ky = yaw Sun sensor gain
Similarly, the expression for the roll channel may be
obtained by noting that from Fig. D-13,
e = — (0ep + Ocy)

= — (B sin B + Oy cos B) (D-111)

and equating (D-111) to (D-109) and rewriting in terms
Of 9)3,

EDB MR ER 1

— = R 84 e s

05—[ j E+-—K;+ E]sinﬂ fy cot 8
(D-112)

where

Ksr = roll switching amplifier gain

Ky = roll Earth sensor gain

The actual size of the roll limit cycle is determined by
substituting Eq. (D-110) into (D-112), and therefore,

EDB MR ER 1
= R —dCNa i | (S
01\3 I: == KSEKE = KSEKE' = KE ]Sinﬁ

_ Eosy ¥y Ey,
" [+ e ok ol L
(D-113)
Now, if the following substitutions are made,
= —Eﬁ-‘i— = effective roll deadband
o KwKg
Ay, = Loy _ effective yaw deadband
v KKy
Eg
. = =2 = roll sensor null offset
Ky

(electrical and mechanical)

E
—¢ = yaw sensor null offset
(electrical and mechanical)

113




JPL TECHNICAL REPORT NO. 32-663

ey = e roll switching amplifier null offset
¢ KuKs

Ny, = Yo _ yaw switching amplifier null offset
¢ KKy

then Eq. (D-113) can be rewritten as

("Iz + Nzg — )‘za)
Or = sin 8 + (y + g, — )‘y,,) cot B
(D-114)

Due to the switching-amplifier null offset, 7, there is
a roll error equal to 5. When the sensors are switched out
and the gyros are switched in, the gyro output is zero,
but the offset is still there as an input and will cause the
spacecraft to roll by an amount of the offset (since the sen-
sor is no longer bucking it). This means that a total offset
error of 2, is present. The yaw offset isn’t added twice
because it goes through the Earth sensor and is switched
out when the gyro is switched in. Hence, the roll limit
cycle is given as

("726;}_ ﬂzm - A.zo + 2&8)
sin 3
St ("7ue + 9y, — Ay, + ﬂus) cot g
(D-115)

Therefore, from the roll-pitch maneuver, the error in
yaw due to an error in roll is given by

O =

0}’ = —'01?, sin ep (D'].].G)

and by substituting Eq. (D-109) into the above expression,
we obtain

_ sin 6 2sin 0 p
0y = (7729 + Ney — )\zo) sin,G (ﬂzs) sinﬁ
= (1w, + 7w, — Ay) sin Bpcot B — (n,,) sin 6 cot B

(D-117)

Now the yaw coefficients of the errors must include
those due to the limit cycle. The error analysis is now
altered by the following coefficients:

Yaw Coefficient Error Symbol
—cos fp — sinfp cot B et My = My,
—2cos §p — sin fp cot B Ny,
sin ep
~ sing Mz T e Az,
2sin 0
- sin ﬁ Nz, (D'118)
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Error matrix formulation, pointing vector. Now the
pointing-error matrix Eq. (D-83) is expanded to include
the error sources given in the preceding sections. To ease
the writing of this equation which is a 30 X 2 matrix,
a tabulated form is adopted. The form is given in
Table D-2 as

fe,

6. ] = [E]" se]

Y

where -

E = error matrix

Sle = source-error vector

Table D-2. Pointing error thrust vector,
midcourse maneuver

E matrix & vector
Pitch coefficient Yaw coefficient Error symbol
=1 0 Nx, t nx, — Ax
=2 0 Nxg,
0 —cos fp — cot B sin 6p Ty, =t Ty,
0 —V cos® 6 + cot’ B sin’6p —Ar
0 —2cos 6p — cot 3 sin 6p Nyg,
0 —sin p/sin B 7z, et Nz, + 9z — Az
0 — 2sin 6p/sin B Nzg4
—Tp 0 wp
0 —slnls (Tp—o:—" wy
6p 6p
0 —Tr sin p — YL 92 or
73
0 6 sin 6p Cz
0 —sin 6p ar
0 é)z sin p 8Tr
73 0 Cx
=il 0 ap
br 0 8Tr
0 sin 6p £z
[¢] —ver fp Ey
0 cot 3 sin p ) by
(o] —sin 6p b
1
U 0
Gra, i~
1
- 0
GFBP B?
0 (l + d ) P
v
Gray
1
0 =
Cra. By
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g. Numerical error analysis. The preceding sections
have expressed the errors following the midcourse ma-
neuver, as a function of an error-turn matrix and the
error-source vector. In order to obtain a numerical value
for the pointing, shutoff, and resolution errors, an ap-
proximation is devised by computing the root-sum square
of the individual error sources multiplied by the maxi-
mum value of the particular coefficient. In other words,
the angles 6, 6 and g are chosen so as to maximize each
individual coefficient of the error matrix. The 3-o error is
given by the square root of the sum of the individual
products squared. The results of this technique are given
in Table 11, Section III (Trajectory Correction), in the
main body of this Report.

To emphasize that this approximation is valid, the root-
sum square of the complete equation is derived and com-
pared to the results of Section III of this Report.

Comparison of techniques. The 3-o error is normally
given by the general form of the root-sum square expres-
sion

.= [ S (B, +Ye,) ssm]%

n=1

N %
— [2 {e'}] = ()% (D-119)
n=1
where
£s, = SOUICE €rror; n = 1-N
P., = pitch coefficient component of pointing vector

Y., = yaw coefficient component of the pointing vector

The 3-0 source errors and coefficients are given in
Table D-3. Substituting these parameters into Eq. (D-119),
squaring, and multiplying, etc., the value of ¢ can be
regrouped as a function of sin 6, cosfp, and so on. The
constants associated with this analysis are given as:

0z = roll turn rate = 3.5 mrad /sec

fp = pitch turn rate = 3.5 mrad /sec

Tr = roll turn period = 570 sec

Tp = pitch turn period = 1020 sec

Grs, = pitch feedback, gyro-autopilot jet-vane
loop = 4.0

Grs, = yaw feedback, gyro-autopilot jet-vane
loop = 4.0

Substituting these values into the expression for " yields

388
sin® B

o = (229.75) + (sin® 65) (

+ 37.84cot B + 993 + 5.3)

+ (sin fp cos 0p) (14.18 cot B — 7.66)

+ (sin 6p) (21.5 — 3.856,)

+ (cos 6;) (—8.52) + (63) (10.92) + (65) (—13.71)
(D-120)

In order to further reduce this expression, the variables
0r and 6p, which lie over the respective ranges,
(—90 deg=10, =90 deg) and (45 deg=p =135 deg),
must be chosen to maximize ¢”. By choosing 6z = 90 deg
and B = 45 deg, the value of 6, that makes ¢” a maxi-
mum can be found. Therefore, assuming 6 and S are
constant, the maximum is determined from

dE" i
diy

0 (D-121)

Therefore,

”

% = (sin @ cos 6p) (1682.50) — sin® 6, (13.08)
P
+ cos #p(21.65) — 3.850, cos 6

+ sin 0, (4.67) + 6,(21.84) —7.27 (D-122)

The value of 4, that makes the derivative go to zero
is 90.5 deg. By substituting this value into Eq. (D-122),

then

¢” = 1089.89 (D-123)

is obtained. The actual 3-¢ error is given by Eq. (D-119) as
¢/ = (1089.89)% (D-124)
Therefore, the 3-¢ error is

es0 = 33.02 (D-125)

Now, by referring again to the 3-o value obtained from
Table 11 (Sect. III of this Report), the difference in the
error is found. For example,

true error — approximate error

X 100 = 4.8%
(D-126)

true error
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Table D-3. Error analysis and coefficients for the pointing error

Error source parameter Units 30 source error Pitch coefficient Yaw coefficient

Ny Pitch sensor null offset—E mrad 0.5 =1 0
e
Tx,, Pitch sensor null offset—M mrad 2.2 = 0
Ax Pitch initial dead zone position mrad 5.0 +1 (o}
1 Pitch switch amp. null offset mrad 1.0 =2 0 y
Xga
Ny, Yaw sensor null offset—E mrad 0.5 0 —(cos 8 + cot 3 sin 8p)
My, Yaw sensor null offset—M mrad 2.2 0 —(cos 8 + cot B sin 6p) 2
Ay Yaw initial dead zone position mrad 5.0 0 +7V cos® 6p + cof’ B sin” 6p)
Nrg, Yaw switch amp. null offset mrad 1.0 0 —(2cos 6p + cot B sin 65p)
Nz, Roll sensor null offset—E mrad 8.0 0 —(sin 62/sin B3)
Nz, Roll sensor null offset—M mrad 1.73 0 —(sin 6p/sin B)
Az Roll initial dead zone position mrad 15.0 0 +(sin 6p/sin B)
Nzg, Roll switch amp. null offset mrad 1.0 0 —(2sin 8p/sin 3)
wp Pitch gyro drift mrad/sec 4.85 X 107° =Tz 0
Wy Yaw gyro drift mrad/sec 4.85 X 107° 0 (s"! b2 7 U= b
6p 6p
Wr Roll gyro drift mrad/sec 4.85 X 10°° ) _ (T;z st l cos BP)
op 73

Cz Roll turn calibration mrad/rad 3.0 0 Or sin 6p
ar Roll capacitor leakage mrad 5.0 0 —(sin 6p)
Sz, Roll turn time resolution sec 0.867 0 6r sin 6p
Cx Pitch turn calibration mrad/rad 3.0 Op
ap Pitch capacitor leakage mrad 5.0 =
Sz, Pitch turn time resolution sec 0.867 (23 0
£y Yaw gyro roll misalignment mrad 1.53 0 sin 6p
£y Roll gyro yaw misalignment mrad 1.53 0 —(1 — cos 6p)
by Roll sensor hinge misalignment (yaw) mrad 2.6 0 cot B sin 6p
b: Roll sensor hinge misalignment (roll) mrad 2.6 0 —(sin 6p)
px C.G. location, angular error (pitch) mrad 5.0 1=t l/G",‘P 0
Be Thrust vector, angular error (pitch) mrad 2.8 —1 /Gpg, 0
(2% C.G. location, angular error (yaw) mrad 5.0 0 1= I/G“,Y
By Thrust vector, angular error (yaw) mrad 2.8 0 = /G“,Y
Nz, Roll sensor albedo asymmetry mrad 9.6 0 —(sin p sin 3)

The results of Eq. (D-126) show that a difference of 4.8%
in the derivation of the 3-¢ error is obtained by maxi-
mizing the individual components of the error, then root-
sum squaring instead of maximizing the entire expression
and then taking the square root to obtain the 3-¢ error.
This brief analysis shows that the technique for obtain-
ing the 3-¢ pointing error described in the body of the

Report is adequate.
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2. Terminal Maneuver

The terminal maneuver is critical in that the space-
craft orientation must provide precise positioning of the
television cameras so as to fulfill the mission objective
of obtaining close-up pictures of the lunar surface.

To do so, the attitude control system maneuvers the
spacecraft through a pitch-yaw-pitch turn sequence.
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The maneuver requires that celestial control be broken
about the pitch and yaw (Sun) axes and inertial control
be reinstated. Hence, the gyros are commanded to turn
the spacecraft in some pre-computed manner and thus
point the cameras parallel to the trajectory of the space-
craft and the Moon. The roll axis remains under Earth
sensor error signal control, and the directional antenna
is constantly pointed toward the Earth, providing the
communications capability for sending the TV pictures
back to the Earth.

The maneuver, as presented above, is critical and the
errors introduced by the turn must be considered; there-
fore, an error analysis is considered.

a. Constraints on the turns. The Earth-probe-Sun angle
constraints imposed on the maneuver are enumerated
below.

1. Prior to the maneuver, the antenna angle (during
the Earth lock) shall be less than 6, = 136.5 deg—
% (apparent Earth diameter).

2. The EPS angle must be greater than 47 deg when
Sun lock is broken at the initiation of the terminal
maneuver.

3. During the terminal maneuver, the Earth-probe
(near-lit-limb of the Moon) angle shall be greater
than 15 deg.

4. During the terminal maneuver, the antenna angle
must be less than 137 deg.

Discussion of the constraints. At the time of pre-
terminal maneuver, it is not enough to have the main
optical axis unobstructed. Accuracy considerations re-
quire that the entire Earth sensor field of view be unob-
structed; hence, the following antenna angle constraint
formulation is presented:

0, = 150 deg — 10 deg — % (apparent Earth diameter)
— 3.5deg
= 136.5 deg — % (apparent Earth diameter)

where the 10-deg angle is % of the field of view of the
Earth sensor.

When Sun lock is broken at the initiation of the ter-
minal maneuver, the EPS angle must be greater than
47 deg, again a result of reflected light testing. During
the terminal maneuver, after the turns have been com-
pleted, the antenna angle is constrained to be less than
137 deg, again a reflected light consideration.

One last constraint, not on the EPS angle, is that during
terminal maneuver, to prevent acquisition of the Moon,
the Earth-probe (near-lit-limb of the Moon) angle must
be greater than 15 deg.

b. Axis of rotation. The axis of rotation during any
given turn is defined by the intersection of the two null
control planes operating during the turn. For example,
the sequence of turns is:

1. A pitch turn which places the spacecraft x-y plane
parallel to the probe-Earth line of sight.

9. A yaw turn which places the spacecraft z-axis in
some desired plane.

3. A pitch turn which places the spacecraft z-axis
parallel to some desired line.

Therefore, during the pitch turn the null planes will be
roll and yaw null planes, where the roll is determined by
the antenna hinge axis and the line to the Earth and the
yaw null plane is formed by the spin and output axes of
the yaw gyro. If the roll plane were given by the vector
cross product

R=XyXG
where
X, = hinge axis

G = line of sight to the Earth

and the yaw plane is denoted by

Y = Yo X Yoo
where
Y = yaw gyro input axis = unit vector j
Yes = yaw gyro spin axis = unit vector k

Y0 = yaw gyro output axis = unit vector i

then the intersection of the roll and yaw null planes is
given by Y X R, and this is the instantaneous axis of
rotation of the spacecraft for a pitch turn. That the axis
moves during a given turn is evidenced by noting that
Xy, Yos, and Ygo are fixed to and move with the space-
craft, and G is fixed in inertial space. This procedure for
determining the axis of rotation will, for an error-free
condition, produce the x and y axis spacecraft axes as
nominal pitch and yaw axes, respectively.

c. Method of analysis of the terminal errors. The de-
termination of the error in orientation of the vehicle at
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the conclusion of the terminal maneuver is achieved by
comparing (1) a vector taken through an error-free trans-
formation to (2) the same vector taken through an error-
laden transformation. This is similar to the midcourse
maneuver error analysis. Therefore, we can write

V,; = an error-free vector
V. = an arbitrary error-laden vector

and V, can be colinearized with V, by an infinitesimal
error rotation matrix E, so

V,=[E]V, (D-127)
where
1 +eroti —Cyaw
[E]l =] —erous 1 +epitch (D-128)
€ —Epiteh 1

The development and generation of the error matrix E
is achieved as follows.

Let V, be a pre-maneuver vector in body axes coordi-

nates; then under an error-free transformation,

V., =[A]V, (D-129)

The desired relationship between V, and V, is found
from Eq. (D-127) and (D-129) as

V. = [A][A]? V=[E]V (D-130)

The elements of [E] describe the set of infinitesimal

rotations required to align the error-laden vector with

the error-free vector. To verify that [A,] [A] = [E], it
is necessary to discuss the nature of the rotation matrix A.

Discussion of the integrating matrix. The rotation
matrix A is made up of three turns of the vehicle; i.e.,
pitch, yaw, and pitch, as well as some error rotation e.
The conventional development of a rotation matrix of
three or four finite rotations is not strictly applicable for
this study since the error, e, may give rise to a moving
axis of rotation during the turns. A satisfactory solution
to this difficulty lies in the development of a numerically
integrated turn matrix.

Consider the arbitrary vector V which is taken through
the transformation [A], that is

V =[A]V, (D-131)
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The matrix A is to be made up of a number of incre-
ments df. If V is defined to be the axis of rotation, then
a change in the axis of rotation dV is given by

dv =de X V (D-132)

where, from Fig. D-17 below,
V=Vcosa;i+ Vcosa,j+ Vcosask
d® = df cosa,i + df cos a,j + df cos as k

(D-133)

Therefore, the crossproduct gives

i j k

dV=|Vcosa; Vcosa, Vcosas

dfcosa; dfcosa, dbcosas

Vecosa, dfcosa; —Vcosas; dfcosas

=Vcosa; dficosa;, —Vcose, dfcosas

Vecosa; dfcosa;, —Vcosa, dfcosa

0 df cos a;

=| —df cos as 0

—dfcosa, | Vcosa,
df cos a;

—df cos a; 0

V cos a,
df cos as V cos ay
(D-134)

Now

1 df cos a;
= dﬁ COS a3 1

—d# cos a,
dfcose;, |V
—df cos ay 1

V+dv =

df cos as,

(D-135)

X

Fig. D-17. Coordinate description, terminal maneuver
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At this time, we can introduce a shorter set of notations
and relate V 4 dV to the pre-maneuver vector V,.

Let
V = [A]V,
dV = [dA]V
where
I 0 +df cosaz; —db cos a,
[dA] =| —df cosas 0 +dfcosa, | (D-136)
dfcosas, —df cosay 0

and the form of the above expression is the same as that
derived in the Small Perturbation Analysis section of
this Appendix D. Now adding V and dV leads to the
expression
V +dV = [A] V, + dAV
= [A]V, + [dA] [A] V,
= [I+ dA] [A]V,

= [I+ dA]V (D-137)

Now, this set of equations suggests the following iterative
formula for updating the turn matrix for successive incre-
ments of df, as follows:

v+t = [A+1]V, = [I + dA] [A"] V,
(D-138)
since

[A»+1] = [I + dA] [A"] (D-139)

Integrating matrix iteration procedure. The process of
solving the integrating matrix is similar to an open-loop
iteration; the formula is given by

1 cosasdf  —cosa,df
[Ar+1] =] —cosasdf 1 cosa, df | [A"]
cosadf  —cose; df 1
(D-140)

As an example, if a pitch turn is performed, Eq. (D-140)
reduces to

=9 0
[A+1]1=]0 1 db |[A"]
0 —do 1

jar] =

S O -
c = O
- O O

(D-141)

Now by looking at the components of [A"*!] in Eq.
(D-141), the following formulas are obtained:

ay = (1) (a3,) + (d9) (a3,)
azt = (1) (a3;) + (db) (ag;)

n+1 — gn+1
a33 a22

(D-142)

n+1 — __ n+1
Az~ = ()

For n successive increments of df, the following elements
are generated and are shown in Table D-4, below.

Table D-4. Integrating matrix coefficients

n az

0 1 =1

1 1+0 =i

2 1 + (d6) (—d#8) —Ti=refie)

3 1 — d°0 + (d6) (—2d6) =1 —3d

4 1—3d% + do(—3d6 + d’%6) =1 — &d0 + d'¢
5 1— 6d% + d*

+ d6 (4d6 — 4d°6) = 1 — 10d% + 5d%

6 1 — 10d°0 + 5d%

+ d6 (5d6 — 10d°0 + d°6) = 1— 15d°0 + 15d*0 — d°0

n(n—1)d“o+n(n—1)(n—2)(n—3Ld‘o el

n =

2 24
n [+ P23
0 0 =0
1 0+ do = 1d6
2 do + do = 2d6
3 2d6 + do (1 — d%) = 3do — d%
4 3de — d°6 + d6 (1 — 3d°) = 4d6 — 4d°9
5

4do — 4d°9
+ do (1 — 6d°0 + d'6)

6 5d9 — 10d°9 + d°¢
+ d6 (1 — 10d%6 + 5d'9)

= 5d¢ — 10d°9 + o8

= 6d§ — 20d°0 + 6d°6

7
o — Wi 3
" _— n(n 'IHén 2)d'e
i n(n—1)(n—2)(n—3)(n—4) &9 TR

120

119
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As the turns for the maneuver develop, the coefficients
of the rotation matrix approximate those for a finite turn
rotation, as

Az =1 n(nz_nzl) Z
n(n—1)(n— 2)(n— 3)*
i 24n* o
(D-143)
azaza_n(n—lgr(:—mﬁs
n(n—1)(n—2)(n —3)(n— 4)6°
+ 1207

where n = the index of df and 6 = n db.

From the above expressions, it can be seen that as n
becomes progressively larger, a,, and a.; approach the
cosine and sine series expansions, as follows:

il 6 " 120
92 94
cos6’=1——§+2—4~

Using this iterative rotation matrix method, the pre-
maneuver vector is given by

V, = [A]V, (D-144)

and

V. = [I + dA] [A]V, (D-145)

when transformed through an error-free and an error-
laden maneuver, respectively. Now [I 4+ dA] can be
identified with a set of infinitesimal rotations required to
align V, with V,, that is to say that,

€piten = COS ay df)

€yaw — COS ay dt9 (D-146)

€,011 = COS a3z df

Effect of null offset in roll. As an example of the above
method, the effect of the static null offset in the roll chan-
nel is studied. Let the roll offset, 5, be defined, for which
the small angle assumption holds. The vector G, which
defines the probe-Earth line, nominally lies in the y-z
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plane of the spacecraft. However, a null offset will cause
the probe-Earth line to lie out of the spacecraft y-z plane,
and, hence, the vector G can be represented with a small
angle assumption of 5, as

G, = 7i — sin Bj — cos Bk (D-147)

B = EPS angle < 90 deg (D-148) -

Now if the first pitch turn ¢, is executed, the vector G
can be written as

1 0 0 ;
G(6,) =0 cosf, sinb, | —sinp
0 —sin 0y, cosf, | —cosp
7]
= —cos 0, sinf — sinf, cosB | (D-149)
sin §,, sin 8 — cos §,, cos B
using the trigonometric substitution
4
G (05,) = —sin (6,, + B) (D-150)

—cos (6,, + B)
The roll null plane during the first pitch turn is given by

i j k
R:XHXG(epl): Il 0 0
7 —sin(6,, +B) —cos(6,, + B)

0
= c0s(6y, +8) (D-151) -
—sin (4,, + B)
The yaw null plane is given by
M= YGS X Yao == i (D-152)

The axis of rotation of the spacecraft during the first pitch
turn is then given by the intersection of the roll null plane
and the yaw null plane, as

V=YXR, (D-153)
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i i k sin (6,, + B)
0 cos(f,, +B) —sin(d, +B) 0

Note that the range of the first pitch turn is

0° =4, = (90° — p°)

so that the axis of rotation is about the nominal space-
craft x-axis throughout the entire first pitch turn. At the
completion of the turn,

4]
G(Gpl) :C'1 = "—1
0

(D-155)

Following the pitch turn, the yaw turn commences about
the nominal spacecraft y-axis; the motion of the instan-
taneous axis of rotation is determined below, as

cosfy 0 sinfy | ¢ n cosd;
G, (6p) = 0 1 0 S IN= =1
—sing? 0 cosfy | 0 —nsind}
(D-156)

Note: The G vector will describe a cone about the nom-
inal spacecraft —y-axis as seen in body fixed coordinates
i, j, and k. The roll null plane is determined by

i i k
R(07) = Xu X G, (62) = 1 0 0
ncosfr —1 —nsindy
0
= + 5 sinf} (D-157)
=il

During the yaw turn the pitch gyro is operative, and the
pitch null plane can be denoted by the cross product of
the spin axis and the output axis of the pitch gyro, as

P=1r

so that the instantaneous axis of rotation of the spacecraft
during the yaw turn is given by

i i k 0
V() =P XR(;) = |1 0 On[li=""H1
0 psing; —1 7 sinf}
(D-158)

Note: The axis of rotation at the commencement of the
yaw turn is

v (6, =i
and, at the conclusion of the yaw turn, is
V(0,) =j+ sinfk

If the axis of rotation is specified by the direction
cosines of a;, as, a; and if these are to be updated during
the yaw turn, then

_77'
=t
Qo = |7]Sin0!/|
(13:_2 — nSind,

The range of 6, is 0— 6, final. If the rotation matrix is
denoted by A(6,), identification with the integration
matrix previously developed is obtained. It is possible to
describe the angles «; with the G vector by observing that

—nsinf, = g; (6,)

and g; is the k component of G. Now,

T

OLIZE

a = | g|
T

aszé“ga

Remembering that the integration rotation matrix A is the
composite of all previous turns, the instantaneous value
of G is given at all times by the relationship

Ci = [A'n] Ga
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The coordinates of the probe-Earth vector during the
second pitch turn are now given by

1 0 0 7 €Os 6,
G (0,,60,,) =0 cosb,, sind,, il
LO —sin@,, cosf,, | —ysing,
(D-159)

7 Cos by
= —cos by, — 7sind,, sinb,

sin 6,, — n cos 8,,sin 6,

g1(8y)
= g:(0y, 9172)
gs (01/: 01’2)

The roll null plane is expressed by

R(0y, 0172) =Xy X G (b, 9112)

i j k
= It 0 0 (D-160)
g:(0,) &:(0y,,05,) (0, 91'3)
= g2 (0y, 0p,) 1

This shows that during the second pitch turn the instan-
taneous axis of rotation is the nominal spacecraft x-axis.

Effect of the roll limit cycle. In the previous section,
the axis of rotation was shown to be invariant during the
first pitch turn. The probe-Earth vector is given as

n
G (6,,) = —sin (6,, + B)
—cos (6,, + B)

(D-161)

At this time, we are interested in showing that the effect
of the roll limit cycle should be taken into account in the
digital computer program for the error analysis. If we
let 4 be a dynamic offset due to the limit cycling rather
than the static null offset, then the amplitude of the roll
limit cycle is a function of the EPS angle 8, and is shown
in Fig. D-18, where the parameters are the following:

6, = roll angle about the z axis

n = arc length amplitude of the
limit cycle measured at the Earth sensor

G = reference or true Earth-probe vector
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Fig. D-18. Roll-limit cycle geometry

x, Y, 2 = spacecraft coordinates such that
G s lies in the x-y plane

xi,Yi, ;i = instantaneous, actual spacecraft coordinates
B = Earth-probe-Sun angle (EPS)
By solving the 6,, 5, B spherical triangle, the rela-
tionship

sin  sing
sin90° ~ sinf,

is obtained. Since 75 and @, are assumed to be small
angles,

n
0=~
"7 sinf

The amplitude of the roll limit cycle is referenced to a

hinge angle of 90 deg (equivalent to # = 90 deg). There- -

fore,

8, ~n =0, (90°)

The roll amplitude for an arbitrary g is
6, (90°)
"7 sinp
Some numerical values for the roll limit cycle, assuming
B =90 deg, are

limit cycle amplitude = +5.0 mrad

limit cycle rate = =+14.7 mrad/sec
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These data imply that the period of oscillation is

10.0 mrad

5 14.7 mrad/sec

X 2 = 1360 sec

Since the turning rate is given as § = 3.5 mrad/sec = 0.2
deg/sec, we have approximately 0.37 cycles/deg 6,,. If

a typical turn of 6, = 16.7 deg is considered, the period
for the turn is determined to be 84 sec. The maximum
time allotted for the turn is 450 sec. This is therefore
about one-third of the time required to complete a cycle
of the roll oscillation, and the amplitude of the roll limit
cycle will not reach the minimum value obtained when
B =90 deg, before the yaw turn is commenced.

APPENDIX E

Celestial Sensors

The Sun is the primary reference toward which the
axis of symmetry (roll axis) of the spacecraft is directed
in response to signals from an array of photoconductive
cells. The Earth reference is acquired using a two-axis
optical sensor mechanized around three photo-multiplier
tubes. This sensor is mounted to and moves with the
high-gain antenna hinge motion (about pitch axis) and
is directed toward the Earth by the hinge motion and
by rolling the spacecraft. The Earth sensor thus controls
the roll attitude of the spacecraft and the hinge angle of
the antenna to keep the antenna pointed toward the
Earth.

1. Sun Sensor

The Ranger Sun sensors are optical devices which use
a shadow technique on a photoconductive detector. The
primary Sun sensor detector was originally cadmium
selenide and was changed to cadmium sulphide since the
cadmium-sulphide doping used a low-temperature coeffi-

- cient of resistance at high light levels and a low hyster-

esis value. The sensors are divided into primary and sec-
ondary units. The primary units (Fig. E-1) are mounted

-on the frame of the spacecraft and nominally point at
the Sun during the flight limit-cycle operation. The sec-
ondary units (Fig. E-1) are used to complete a spherical
field of view requirement and are mounted on the under-
side of the solar panel tips; they function only during
acquisition of the Sun.

a. Sensor description. The detectors are connected in
a bridge circuit (Fig. E-2). The output signal is a voltage
developed across the 110 K resistance load. In the space-

craft, this load will be the input resistance of a switching
amplifier and telemetry impedance. The sensor positive
and negative supplies will be zener regulated to 16.8 v
from the spacecraft’s 26-v supplies.

b. Analytical description. An analysis of the circuit
(Fig. E-2) leads to the following equation for the primary
Sun sensor voltage output:

E(R,—R)

R.R.
Rl + Rg S

L

Eo = (E'l)

where R, and R. are the resistance values of primary
detectors A and F.

Due to the shadowing method on the semiconductor,
the resistances of the cell as a function of angle from null
are very closely approximated by

R, = A (E-2)

where Af is the angular deviation of sensor from null in
degrees.

The sign on the exponent is opposite for two opposed
detectors. Although the constants A and b vary with the
particular cell chosen, paired detectors with these con-
stants approximately equal have been obtained through
a matching process. The nominal values are A =6 K
ohms and b = 0.962 deg™. Using these forms for R, and

123




JPL TECHNICAL REPORT NO. 32-663

a
INCHES

Fig. E-1. Sun sensors

R,, the voltage output as a function of angle from null Table E-1. Sun sensor statistical test results
becomes (group of 24 primary pairs)
Null offset Average valve 1o distribution about the
9F sinh (bAg) (sec of arc) mean (sec of arc)
E, = 1 (E-3) At 70°F +0.72 12
2 cosh (bAG) + T At 40°F —5.0 22
L At 140°F +0.72 28 (only 16 pairs sampled)
At 160°F -F15.5 31 (only 8 pairs sampled)
At 0.7 solar constant +0.72 12
To better understand the effect of each environmental ﬁ: gj;i:;::?;::" i;; ;%:::p?ezws
condition on Sun sensor performance, accurate before- After flight acceptance sy o
and-after data were taken. The information is tabulated testing
in Table E-1.

Scale factor

Average change

(%) 10 distribution (%)

¢. Mounting sensors. The secondary Sun sensors are ::jgo: _?_15 ;)
mounted on the solar panels and may undergo a signifi- A 140F 314 1.6 (only 16 pairs sampled)
cant thermal shock between injection and Sun acquisition At 160°F +10.26 4a(anly 8 poirsampled)
due to removal of the hot shroud. Unpotted detectors in At0:7 solar constant 0 =
their housings were subjected to a thermal shock of At 0.5 solar constant —0.74 0.316 2 only 6 puirs
18°F/min from 250 to —100°F with no damage or change At 0.35 solar constant —0.76 0.7 sampled
in characteristics. However, in potted units which under- Af:er‘fligh' acceptance +0.17 2.16

esting

went the same test, the enclosed glass detector cracked.
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Fig. E-2. Sun-sensor schematic

The problem of mounting the Sun sensor detector has
been solved by employment of quad-rings. The quad-
rings bring support to bear on the strongest section of
the glass detector envelope rather than complete support
as provided by the potting compound. With utilization
of the quad-ring mounting, a Sun sensor assembly can

 survive an extreme temperature range from —100 to

+125°C without failure.

d. Sun sensor testing and Sun simulation. There are
many difficulties inherent in the problem of simulating
an extremely bright, collimated light source. Therefore,
most of the Sun sensor testing has been done with the
Sun as the source. A temporary test site was constructed
at Chilao, California (Fig. E-3). The facility uses a two-
mirror coelostat system to provide a collimated Sun
bundle at a constant position. This bundle is directed
through a tube into a trailer to a Leitz optical dividing
head which rests on a stable tripod. The system includes
a bore sighting telescope and motors to drive the coelostat

Fig. E-3. Chilao test site

mirrors. The over-all accuracy of the pointing system is
better than 10 sec of arc. The sensors are tested by mount-
ing them on the dividing head and positioning to known
angles, while monitoring the outputs.

2. Earth Sensor

Earth sensor optical mechanization is much the same
as the Sun sensor in that a variable aperture shadowing
technique is used. The detectors in this case are three
%-in.-D end-on photomultiplier tubes arranged so that
their current outputs can be resolved into two-axis error
signals. The expected variation of Earth-light intensity is
in the range of 0.06-40 ft-candles.

The Ranger Earth sensor, previously described in JPL
SPS 37-16, Vol. 1, has been modified for missions of
Block III. A very large field of view (40 X 60 deg) had
been incorporated into the earlier units so that changes
in acquisition preset hinge angle would not be necessary
during any launch period. The large field of view, how-
ever, presented many constraints to the Ranger terminal
maneuver and picture-taking mission. In order to circum-
vent these constraints, the field of view was reduced to
+5 deg in roll and to +10 deg in hinge for the Ranger 6
and all subsequent missions (RA 7 through 9). An eight-
position antenna preset-hinge-angle update system has
also been incorporated to make the small field of view
possible.

Linear range extends only several degrees on either
axis from null, at which points the output error signals
saturate and remain saturated to the field of view limits.
A typical plot around a null is shown in Fig. E-4 and E-5.
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EARTH SENSOR S/N 308

PHASE % = 90 deg

ROLL OUTPUT VS ROLL ANGLE
FOR HINGE NULL

8
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o |
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roll» deg

Fig. E-4. Earth sensor roll-axis characteristics

The long range Earth simulator (discussed below under
Section a. Performance) was used to simulate the Earth
at (1) its approximate color temperature, (2) a Sun-Earth-
probe angle of 90 deg as shown in the sketch on the plots
of the above two figures, (3) the corresponding light inten-
sities during the respective maneuvers, and (4) the
approximate Earth diameters. The rounding of the curves
near the saturation points is due to the finite size of the
Earth. If the Earth were a point of source of light, the
curves would be a straight line saturating at 1.25 deg for
roll and 2.5 deg at hinge. The finite size of the Earth
causes these intersecting lines to curve in a region of plus
and minus the radius of the Earth from the saturation
points of the point source. This is readily seen in Fig. E-4.
Because there is only a half-illuminated Earth in the
hinge direction in Fig. E-5, this effect is very much
diminished. If the Earth moves away from null on a line
not along either axis, the performance becomes truly two
dimensional. Note from Fig. E-6 that as the Earth moves
in the positive § roll direction, the hinge error signal

weakens because less of the cathodes’ A and B photo-
multipliers is exposed. For motion in ¢ hinge direction,
however, the gain on the roll axis remains essentially
constant. In reality, neither of these conditions will be
precisely true due to variations in sensitivity over the
photomultiplier cathode surfaces. The actual experimen-
tal situation is illustrated in Fig. E-7. The coordinate axes
are roll and hinge dc error signals. The vertical lines are
lines of constant hinge angle 6, and the horizontal ones
are constant roll angle 6. The nonsymmetry of the actual
two-axis output plot cannot be entirely justified by varia-
tions in cathode sensitivity and remains unexplained at
this time.

Figure E-8 is a photograph of the redesigned narrow
field-of-view Earth sensor. A series of evaluation tests was
performed on the redesigned Earth sensor to verify the
modification. The evaluation tests consisted of a dynamic
offset response curve, null-axis response data at light
intensities which correspond to Earth-sensor first turn-on,
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EARTH SENSOR S/N 308
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Fig. E-5. Earth sensor hinge-axis characteristics

midcourse maneuver and terminal maneuver, Earth-
probe-Sun angle measurements, light reflection tests from
the spacecraft into the Earth sensor, and type-approval
enyironmental tests.

Figure E-9 shows the effect of roll-axis angular offsets
at a null hinge angle; it includes roll-error voltages,
‘Earth-sensor light intensity voltage outputs, and acqui-
sition threshold points of the reduced field-of-view Earth
sensor. The redesigned Earth sensor can operate safely
within tolerance at an Earth-probe-Sun angle during
terminal maneuver of 47 deg or larger. Previously, modi-
fication on the Earth-probe-Sun angle constraint during
terminal maneuver was 73 deg or larger. The reflection
measurements indicate that the maximum antenna angle
during Earth search is 135 deg; previously, it had been
126 deg.

Figure E-10 shows the effects of light reflection into
the 40 X 60 deg field-of-view design and into the reduced

field-of-view Earth sensors that are intense enough to
produce an acquisition signal in the Earth sensors.

In summary, Earth-sensor performance in the presence
of off-axis disturbances has been greatly enhanced by
reduction of field of view.

a. Performance. The following discussion is a look at
the Ranger Earth sensor, noting, in particular, perform-
ance of Rangers 1 through 6.

The characteristics of each Earth sensor are calibrated
just prior to launch. A short range Earth simulator simu-
lates the Earth at its color temperature, various sizes, and
light intensities of the Earth at midcourse and terminal
maneuvers. The long-range Earth simulator has the added
feature of providing various phase angles of the Earth.
The short-range Earth sensor is mounted on top of a
mechanical alignment fixture and a T-2 theodolite. The
Earth sensor can be rotated to any desired angle with
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Fig. E-9. Error signal and light intensity
vs roll angle

respect to the Earth by means of the theodolite, and the
mechanical null position of the Earth sensor with respect
to the Earth can be determined with the mechanical
alignment fixture. The small telescope on the mechani-
cal alignment fixture is adjusted parallel to the mounting
reference surfaces on the Earth sensor using autocollima-
tion techniques.

Voltage outputs of the Earth sensor are read out of
the dynamics meters after the signal has passed through
demodulators and simulated loads, as would be the case
in the attitude control subsystem.
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The Earth sensor functioned in Rangers 1, 2, 3, 5, and 6.
On Ranger 4, the Earth sensor was never energized.
Rangers 1 and 2 operated in a low Earth orbit, and the
Earth sensors indicated acquisition on lighted objects
with Ranger 1 giving more information, in general. The
Earth sensor appeared to be operating correctly even
though its temperature was close to the maximum allow-
able Earth sensor temperature, and the intensity of the
Earth was 10 times brighter than expected on normal
Ranger trajectories.

Ranger 3 provided the first good in-flight evaluation
of Earth sensor performance. This evaluation indicated
that the sensor performed as intended during flight. A
spurious pitch command at terminal (Moon distance)
caused the spacecraft to pitch in the direction of Earth,
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Fig. E-11. Simulated and flight data of Earth-light
intensity for Ranger 3

eventually bringing the Sun shade between Earth sensor
and Earth; this caused a loss of Earth acquisition. From
this point on, the spacecraft performance became quite
confused, and further Earth sensor performance cannot
be adequately stated.

Figure E-11 is a plot of simulated Earth sensor light-
intensity data calculated for the Ranger 3 flight and light
intensity telemetered back from the Ranger 3 Earth sen-
sor during flight. The correlation between the two sets
of data is good. The simulated data was calculated, con-
sidering the Earth to be a perfectly diffuse (Lambert)
reflector with an Earth albedo of 0.4.

Asymmetrical snow and cloud cover, coupled with
finite size of the Earth, will cause the Earth sensor to have
a roll-axis error (hinge errors are unimportant to guid-
ance). An estimate of these errors indicates them to be
approximately 5% of the Earth’s apparent diameter
(approximately 0.1 deg at terminal and 0.25 deg at mid-
course).
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APPENDIX F

Inertial Sensors

The control of the Ranger spacecraft requires that both
angular rate and displacement be sensed about the prin-
cipal axes. To do so, requires the use of gyroscopes.
During the midcourse thrust phase, the measurement of
the desired acceleration must be sensed; an accelerom-
eter was designed to meet this requirement.

1. Gyroscopes—Background Information

The original requirements for the Ranger mission pro-
vided that only rate information for the stabilization of
the spacecraft during initial acquisition and cruise was
required. However, the additional requirement of pro-
viding a reference for the angular displacement of the
spacecraft during the midcourse and terminal maneuver-
ing dictated the need for sensing the position also.

During the Block I (Ranger 1 and 2) period, the design
of an instrumentation-rate gyro package was initiated to
measure the angular rates about either the roll or pitch
axis of the spacecraft during the period after separation
and prior to Sun acquisition. Due to a weight problem
concerning RA-3, the instrumentation-rate gyro module
was deemed unnecessary for the satisfactory completion
of the Ranger mission.

a. Control gyros. The RA 1 and 2 flyby missions em-
ployed three single-axis floated gyros, a modification of
the Minneapolis-Honeywell miniature integrating gyro
model GG49-E2. The modified gyro, designated GG49-E5,
was filled with a low-viscosity high-density fluid which
provided 100% flotation at a nominal temperature of
115°F. The flotation fluid used in the E5 model was
MO-10, which, when accompanied by an increased damp-
ing gap, provided a coefficient of viscous restraint of
approximately 258 dyne-cm-sec/rad, as compared to a
nominal value of approximately 17,000 in the E2 model
used for the Sergeant missile. This configuration of the
MIG gyro lowers the operating temperature to 115°F,
thereby eliminating the need for heater power required
to maintain the normal 190°F operating temperature of
the GG49 gyro. The low-viscosity flotation fluid provides
very low damping of the gyro gimbal, thus making han-
dling of the instrument extremely delicate when the gyro
is not being operated in the rebalanced mode.

Performance requirements for the low-damped version
of the MIG remain essentially the same as the Sergeant
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requirements, except where the increased torquer pattern
field excitation level had required an increase in the

allowable reaction-torque drift rate. This increase in the g _

insensitive drift rate made it necessary to bias the torquer
control field from a precision constant current source,
during normal system operation.

The succeeding Ranger missions imposed the addi-
tional requirement that the gyro be able to provide a
reference for measuring the angular deviation of the
spacecraft during the midcourse and terminal maneuvers.

The gyro subassembly derived this information by a
unique application of three, single-degree-of-freedom,
floated integrating gyros. This gyro, the model GG49-E12,
was filled with a low-viscosity, high-density fluid which
provided full flotation at 115°F, similar to the GG49-E5
gyro. A low-viscosity fluid was again selected which
would permit the operation of the gyro without the use
of heaters. The damping and precession axis restraint are
accomplished by a torque feedback loop. The restraint
provided by this electronic loop remains relatively con-
stant, independent of changes of fluid viscosity due to the
temperature.

Included in the gyro subassembly was the gyro module
containing three gyros, switching relays, a bank of capaci-
tors which provided the passive integrators for the deri-
vation of the angle information required by the system,
and an electronic control module which provided the
three servo-amplifiers and command current regulators.

b. Control gyro module failure analysis. Fabrication
of the control modules was delayed due to a number of
difficulties uncovered in the GG49-E12 gyro. Paramount

of these problems was the weakness due to insulation -

breakdown in the signal-generator, torquer Dualsyn wind-
ings. The failures occurred after both thermal sterilization
and temperature testing. It was found that the Dualsyn
winding was a marginal choice for high-temperature
application and was changed from double Formvar to
Nyleze insulated wire.

A second difficulty, although it did not produce any
discrete gyro failures, resulted in the rejection of several
gyros from system usage. These particular gyros caused
an approximate 10-cps oscillation in the attitude control
system. An intensive investigation uncovered a number
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of minor damping differences between the E-12 and E-5
gyros which were corrected by increasing the fluid vis-
cosity. This was accomplished by changing the fluid from
MO-10 to SW-30.

Another interesting problem was created by the gyro
pivot and jewel clearance. The gimbal of the gyro is sup-

-ported by pivots and jewels, and there is some amount

of clearance between the pivot and jewel. It was noticed
that before the gyro torqued around its normal output
axis, it moved laterally, then torqued. There is barely any
movement in terms of normal rotation before the gimbal
moved laterally across the gap. The actual problem was
solved by a thorough study of the gyro model on the
analog computer. A 3-deg of freedom analysis was first
studied where the normal rotation about the output axis,
one axis of rotation sideways, and the ability for lateral
motion were simulated. Ultimately, a 5-deg of freedom
study was made with two-dimensional constraints on the
pivot and jewel, corresponding to the ability to move in
both directions. A very close correspondence between the
actual gyro and the model was obtained. The model was
then extended by including Dualsyn loading effects to the
torquers, signal generators, and the end to end buoyancy
effects. As soon as the 5-deg of freedom study was made,
additional problems such as damping around the normal
axis, translational damping, and two rotational damping
terms were of concern.

i-GYRO CROSSCOUPLING

|
|
|
|

PICKOFF

:

The results of this analysis led to the modification of
the gyro by closing down the jewel and pivot clearance.
The maximum allowable tolerance previously had been
approximately 200-500 pin.; it was closed down to less
than 100 pin. This correspondingly shortened the response
time of the gimbal to a step torque input of less than
100 msec.

2. Analysis of the Gyroscope

The spacecraft attitude about each axis is measured by
the gyro loop. The term gyro loop is applied to the entire
gyro subsystem, which consists of the gyro, preamplifier,
demodulator, gyro amplifier, and gyro control network,
as shown in a block diagram, Fig. F-1.

a. Description of the gyro model. The gyro is of the
single-degree-of-freedom type, the gimbal being sus-
pended in a fluid with very low viscosity. The approxi-
mate values of the known parameters are given below:

H = moment of momen- = 100,000 dyne-cm-sec/rad
tum of rotor

I = moment of inertia of = 100 dyne-cm-sec®/rad
the gimbal

D = viscosity of the fluid = 9400 dyne-cm-sec?/rad
(maximum)

PRE-AMPLIFIER
AND DEMODULATOR

/—AMPLIFIER

|
|
|
8 =t _I_Z_I_D_ ‘ Kg i ~|re € ~ KIGI(S/ eomp> S i > ¥ E,
) S
| - |
| |
| |
| |
| |
| “ {
{ GYRO TORQUER |
|
Whls dEoee . . J

Fig. F-1. Block diagram, gyro loop
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k, = output voltage scale = 5 v/rad gimbal angle
factor

kr. = torquer scale factor = Hk, = 50 dyne-cm/ma

k; = torquer scale factor = 105 deg/hr/ma
equivalent to input = 0.509 rad /sec/amp
angular rate

The transfer function of the gyro is given by

<KgK,,K1G1 (s) Z, (s) H>
S
_(Q o ZT (S) (F-l)
0; y a

1o+ Do + BKEKKKG ()

Zyr(s)

Similarly, the transfer function relating the gyro output
to the disturbance (crosscoupling) input is given by

K,K.K.\G, (s) Z,
z (s) (s)> (Is* + Ds)
. Zr (F-2)
T HE,K,K.K,G, (5)
Is? + Ds +

Zr

The two transfer functions are related by the equation

e Is 1D &y
Caj ‘( H >0. (F-3)

Several of the constants associated with the block
diagram and with the above equations were given above
in this section of Appendix F; the additional unknowns
are now derived.

Fig. F-2. Simplified gyro ampilifier
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Gyro amplifier. A diagram showing a simplified version
of the gyro amplifier is given below in Fig. F-2.

The amplifier acts as the output stage of the gyro
loop and provides feedback compensation for loop stabil-
ity. The transfer function of the amplifier is given as

Camp - k‘G‘ (.S‘) (F-4)

e, 4

Based upon the diagram in Fig. F-2, the transfer function
is given by a unit gain in the forward loop and has a
feedback loop given by

i 3 144 1
e _ R: (sC.R, + 1) (£5)

e, sC.R, (R, I R5)
WO (i R |
(R’+R-+R')(RI+R:+RK >

Closing the gyro amplifier loop, we obtain the follow-
ing transfer function:

Rl (Rz + R:;)
€ump _ (By + Rs + Ry) (m Cis + 1) e
ez  (Ri+R,) R.R. (F-6)
<m Cis + l>

Upon substitution of the following parameter values,
Eq. (F-6) reduces to

R, = 22k
, = 3.6kQ
R, = 30k
C,=175uf .

Equation (F-6) reduces to

e
amp _ KIG, (S) =
€,
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Amplifier gain. The voltage gain through the pre-
amplifier, the demodulator, and the gyro amplifier is such
that 1 mv rms input provides for 1 v dc output. Therefore,
the gain for a modulated gyro signal is given by

K, = ac gain X 2.17

= 1085 (F-8)

Gyro control network. The gyro control network con-
sists of passive circuit components in series with the gyro
torquer coil, as shown below in Fig. F-3. Assuming that
the torquer inductance is negligible, the total impedance
is given by the expression

1
Zr=——+ R, +R.+ R, + Ry

Cis (B2}

The circuit values are

R, =8450
R, =59
R; =900
R, = 400 Q

C, = 4 (1020 pf) = 4080,f

The total impedance is therefore given by the equation

S
[(0.183 i 1)} 0 (F-10)
ZT = | o
4.08 X 10-3s
Camp o— ;;-I‘ﬁ T * €y
: R P I } o
i 10000 A i
b3 }/?2
R3
Rr

Fig. F-3. Gyro control network

The output impedance is described by

1
Z,,—C—1§+Rg+R3+RT

o NEIE, |
, | \oass ) |
o= | 408 X 10%

b. Transfer function. The transfer function for the gyro
can now be written. Substituting Eq. (F-7), (F-8), (F-10),
and (F-11) into (F-1), we have

(F-11)

e, Kyogwi(s + 0495) (s + 9.95)
0;  0.495 (s + op) (s> + 2Lg0,8 + oy?)

o Kgmyz (S + 0495)
© 0495 (82 2w St wF;)

where

K, = 505 v/rad
=03
o, = 94.5rad/sec

and therefore

S
505( - 1)
g 495
2 = K,G(s) = >

§7 0.6
(94.52 i l)

(F-12)

For purposes of the autopilot analysis, Eq. (F-12) may be
further simplified by assuming that the poles in the de-
nominator of the expression are sufficiently far away from
the other system poles and zeroes under investigation,
that the following gyro model may be assumed:

20 = 505 (2025 + 1)

= (F-13)

Equation (F-3) may therefore be approximated by

5 — 0,005 (0.1s + 1) (2.02s + 1)

7 (F-14)

where
I = 100 dyne-cm-sec?/rad
D = 1000 dyne-cm-sec/rad
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and

= 10 rad/sec

= 0.01

o ~|O

Root locus analysis. The root locus of the gyro is plotted,
based upon Eq. (F-12), in Fig. F-4 below.

Since the viscosity of the gyro fluid varies considerably
depending on its temperature, the root loci are plotted
for several values of D/I. The theoretical locations of the
closed loop poles are also indicated for the gain settings
described above. The actual locations of these poles can-
not be determined, due to not only the uncertainty in
the fluid viscosity but also due to other nonlinearities
inherent in the gyro. Empirical data indicate these poles
are confined to the region hashed in Fig. F-4. The limits
of the region are

frequency: v, = 10-13 cps
damping ratio: £ = 0.3-0.8

The linear analysis indicates that the ratio of D/I = 10
corresponds to the least damped case.

Gyro crosscoupling. The gyro signal is generated by a
pickoff, which senses the angular position of the gyro
gimbal with respect to the case. This indicates that a
signal is generated by rotating the gyro about either its

80 /

R® CLOSED-LOOP ;{ /\i

= POLE OF THE |
LINEAR w=13cps -
SYSTEM 2 £=03

REGION OF CLOSED

60 LOOP POLE VARIATION 4
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b
= t=08
2 40 S
3 |
&S
30 DfI =94 (max) |D/T=50 D/I=10 \off=0 —
20 N
10 \
Q O \
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Fig. F-4. Root loci, gyro loop
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input or output axis. The gyro axes are orientated in the
system as shown in Fig. F-5. When the gyro loops are
open, the input-output relationships can be summarized
in matrix form as described by the equations below.

- - - -
k,H
N T _ 0,
1, (Is + D) ky L
B k,H
ely - kg (IS i D) 0 0,/ (F-IS)
k,H
2 o N

When the gyro-loops are closed, the outputs of the gyro
loops are

€y: G, (s) —Gu(s) 0 0,
ew | =| —G:(s) Gi(s) 0 g, (F-16)
€yz 0 —G.(s) Gy (s) |0
where
s
B 505 v/rad (m + l)
G (s) (F-17)

o
945°) " \945

o
PITCH
/ -y
I\
N
+X
-z
GYRO WHEEL
S SPIN AXIS

I INPUT AXIS
O OUTPUT AXIS

Fig. F-5. Gyro reference-axis orientations
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S S
505 v/rad <m S 1> <E + 1)

& 0.6s
(94.52) : (@E) L

G, (s) and G,(s) vs frequency are plotted in Fig. F-6.

G (s) = (F-18)

- Equation (F-16) shows that there exists a crosscoupling

between x and y (pitch and yaw) axes of the autopilot.
However, the matter is not investigated further, since the

- gyro output voltage due to crosscoupling is considerably

smaller than that due to input and no positive feedback
signal is generated through gyro crosscoupling (Fig. F-7).

3. Accelerometer

The magnitude of the velocity increment added to the
Block IT and I1I series of spacecraft during the midcourse
correction maneuver is measured by means of a linear
accelerometer and integrator combination. Since a digital
computer is an integral part of the CC&S unit and the
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Fig. F-6. Gyro-loop frequency response

magnitude of the corrective velocity increment is trans-
mitted digitally from the Earth, a digital accelerometer
system was required and developed. The system is also
used for midcourse-motor shutoff.

The accelerometer selected for this application was the
Bell Aerospace Corporation Type III-B. The unit is
basically a pendulous force balance with a pulse-torqued
rebalance loop to provide capture current to the proof
mass. In this method of operation, the pulsing rate is
directly proportional to the applied acceleration, and
each pulse produced represents a constant value of veloc-
ity increase (or decrease, depending on the direction of
the acceleration). It is noted that this accelerometer is a
miniature version of the type used in the Sergeant guid-
ance system. It was also selected for use in the Vega
platform. Several changes are incorporated in this unit
to make it more compatible with the digital torquing
requirements of the Ranger system. The major difference
is in the pickoff circuit, which was changed from 8.4 ke
to 200 ke, thus giving a wider bandwidth and resulting
in less information delay from the pickoff to the electronic
package. The scale factor of the proof mass torquer was
changed from 260 pa/g of acceleration to a higher value
of 2.2 ma/g in order to take fullest advantage of presently
available transistor switches.

a. Accelerometer null stability. In the previous appli-
cations of this accelerometer, the reliability was proven
except for one major area of uncertainty—the stability of
the null offset (bias error). Null offset is defined as the
output of the instrument when subjected to a zero-g
input. Efforts at both JPL and Bell Aerospace solved the
problem which was creating an uncertainty of about

SPACECRAFT GX

-l 1/Jy §2 l'

Tgx

1/100 (S/10 +1)

GYRO GYRO
CROSSCOUPLING
Kg (TG S+1)
1/100 (S/10+1)
SPACECRAFT 6,
- 2 |
o, Iy S l

GYRO

Kg (tg S+1)
9

Fig. F-7. Block Diagram, pitch/yaw crosscoupling
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4 X 10-* over several months of testing at varying tem-
peratures. The improved accelerometers have a 3¢ null
offset stability of approximately 1.0 X 10* g. The most
important point noted was the absence of drift trends
or bias in the data. This further demonstrated that adjust-
ments and calibrations will hold over extended periods
of time. Any shift of null offset is serious because the
digital system cannot differentiate between g inputs, due
to actual acceleration, and the apparent inputs due to a
null offset. A null offset shift of 1 X 10-* g will cause a
scale factor shift of 0.14% at the expected 0.07-g accelera-
tion produced by the midcourse-motor thrust. The lo
limits for the accelerometer system are =+0.25% applied,;
therefore, the null torque changes must be kept to a
minimum.

b. Experimental analysis. The calibration deviation is
a composite error caused by the effects of null offset,
accelerometer torquer scale factor, and errors within the
electronic package. The electronic problems are largely
due to changes in the zener reference diode voltage,
changes of the switching transistor leakage current or
saturation resistance, and changes of leakage in the damp-
ing feedback capacitor. Shifts of actual scale-factor ad-
justing resistors are possible, but are much less probable
than the others mentioned.

c. The digital accelerometer mechanization. The ac-
curacy in the digital accelerometer is determined to a
large extent by how accurately the current pulses to the
torquer can be generated. The method for developing this
pulse in the Ranger system is referred to as the open-loop
system. Basically, this system uses an accurate frequency
from the computer clock to control the pulse width and
an accurate voltage, controlled from a precision zener
diode, to determine the pulse height.

The accelerometer pickoff is a capacitive type which is
excited with 200 ke from an oscillator in the electronic
package. This pickoff produces an error signal to the ac
amplifier which has a gain of 200. The output of the
ac amplifier is coupled through a 3:1 step-up transformer
to a double bridge or ring demodulator. The demodulator
reference signal is obtained from the same 200 kc oscil-
lator as the accelerometer excitation.

The demodulated error signal is applied to a decision
device which is a Schmitt trigger circuit. This circuit will
detect displacement of the proof mass which, for a pre-
determined amount of acceleration, will develop a rebal-
ance pulse. When the Schmitt circuit changes state, the
logic circuit will then allow the precision clock pulses
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to pass through to the flip-flop. In this circuit, the flip-flop
is actually a trigistor. The first positive clock pulse will
cause the trigistor to conduct; 1250 usec later, a negative
clock pulse turns the trigistor back to the nonconducting
state. This on-off action of the trigistor is transformer
coupled to a low-leakage, high-speed transistor switch.
The switch is supplied with 8.4 v from a precision zener
diode. This diode voltage is stable to +0.01% over 100°F
temperature range.

A current-limiting resistor is placed in series with the
switch and zener diode. The value of this resistor is varied
as a function of the accelerometer temperature to com-
pensate for the change in accelerometer permanent-
magnet torquer characteristic. This type of torquer has
a gain function which changes rapidly with temperature.

It will be noted that pulses of only one polarity can be
generated. This provides capture in only one direction as
the Ranger spacecraft can only accelerate in one direc-
tion. Each pulse provides for a velocity increase of 0.1
ft/sec. The accelerometer has a built-in eddy current
damper associated with the proof mass. This damping is
not sufficient to restrain the pendulum against vibration,
so an additional rate feedback loop is applied around the
accelerometer. This loop uses the same demodulated sig-
nal as the decision device. This signal is amplified by a
low-gain dc amplifier. The output is capacitor-coupled
back to the torquer to produce a current which is propor-
tional to the proof mass rate of motion. This circuit pro-
vides a damping increase of five.

Laboratory testing under constant temperature and no
vibration conditions has shown that the accelerometer
system is stable to a 30 accuracy of 0.03% of applied
acceleration. The system can retain capture up to 1 g
of acceleration while the expected acceleration of the
Ranger midcourse maneuver is 0.07 g.

d. Accelerometer acceptance tests and results. One
unexpected area of difficulty was encountered during the
acceptance tests. Early in the evaluation of the accel-
erometer transducer, it was discovered that the seismic -
proof mass within the instrument was subject to random
static charge effects. These static charges would produce
error torques of large and variable magnitudes. To elimi-
nate these errors, a fix consisting of a radioactive static
discharger was installed at the vendor’s facility. No sys-
tem design constraints existed with regard to small radio-
active sources on board the spacecraft at this time. During
the final testing of Ranger 4 at the Atlantic Missile Range
(AMR), a radioactivity mapping operation, using the




gamma-ray experiment from the spacecraft, disclosed that
enough gamma radiation was coming from the accelerom-
eter to create a detrimental effect in the gamma-ray
measurement system. Due to the fact that insufficient
time remained prior to launch of Ranger 4, no reduction
of this spurious radiation was possible.

Testing at JPL disclosed that it was possible to change
from the existing radium isotope source to a polonium
source without impairing the accelerometer’s perform-
ance. The advantage of the polonium static discharger is
that it emits mostly alpha particles, and that the gamma
radiation present was below the interference level with

JPL TECHNICAL REPORT NO. 32-663

respect to the gamma-ray experiment. The alpha particles
do not pass through the accelerometer case at all.

All available accelerometer modules for Ranger 5, 6,
and 7 (and spares) were converted to the polonium source.
Re-testing of these modules proved that no degrading of
performance or accuracy was produced by the change.

Accelerometer transducers purchased for the Block III
series of spacecraft did not use any form of radioactive
dischargers. The problem was overcome by developing
a form of grounded torquer and pendulum assembly, to
replace the former insulated design.

APPENDIX G
Gas System

Twelve miniature jet valves, connected to a dual gas
source, are employed on the Ranger spacecraft to control
the attitude (Fig. G-1). Four valves each are used to con-
trol the yaw and roll axes providing couples, and the
remaining four valves control the pitch axis. On Ranger,
the center of mass is expected to shift significantly along
the roll axis. Therefore, utilization of a pure couple for
roll control permits the roll valve positions to be frozen
for the spacecraft.

The axis of each valve is oriented to prevent gas from
impinging onto the structure during valve actuations.
Investigations have shown conclusively that the bias or
coupling effects of impinging gas are significant. This
“influence established the requirement that the yaw control
valves be moved from their earlier position on the pitch
axis to a position giving a clear field of view (i.e., the
“solar panel actuator arm was obstructing one of the valves
on the pitch axis). This off-axis condition gave rise to the
requirement for the two additional valves in controlling
yaw, thus providing pure couple control. The pitch con-
trol valves have been oriented 25 deg with their axes.

1. Gas Actuator

In a spacecraft system employing mass expulsion
actuators, a tight pressure circuit having low losses due

to leakage is paramount. The permissible (total system)
leakage-rate out of the seals, welds, and fittings of the
Ranger system has been set at 60 standard cc/hr. This
figure is consistent with the considerations of flight time
and the amount of gas stored for the mission.

The Ranger gas actuator system is a two-part, unitized,
strap-on gas system. Each half section is capable of pro-
viding the required control torques autonomously, in the
event of a component failure in a half section. Each half-
system is made up of a 7-in. pressure vessel, one pneu-
matic regulator (inlet pressure 100 to 3650 psi, outlet
15 +1.2 psi), and six reaction control valves (thrust level
0.0092 to 0.038 1b)—two valves on each axis providing
plus and minus torque control. The gas system is an all
welded stainless-steel system, except for special B nut
fittings at valve manifolds, O-ring seals between the valve
and manifold, and crush seals between the plumbing and
tank. The solar-panel bays serve as the packaging area
for the vessel, regulator subassembly, associated plumb-
ing, and the yaw jet assemblies. The yaw valves are
mounted approximately 2 in. off the pitch axis, adjacent
to the solar panel actuator, to reduce crosscoupling when
a half section is operating. The flight weight of each
assembly is 14.3 lb, including a thermal control shield
(0.9 1b) and nitrogen gas. The angular acceleration re-
quirement of 0.3 mrad/sec® is provided by each section,
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Fig. G-1. Ranger gas system

thereby being compatible for commanded turn accelera-
tion requirements in the event the spacecraft is operating
on a half system. A diagram of the attitude control system
semiredundant gas actuator system is shown in Fig. G-2.
The total fuel capacity for this system is 4.18 1b. In the
event that a gas jet fails to open during launch, the
remaining half system would be left with 1.39 1b of N..
This figure is based on reasoning that 1% units of gas
flow from the half system, which has failed (i.e., worst
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case), until the gas supply is exhausted (see Section 5,
Gas Consumption Analysis, further on in this Appen-
dix G). During this period, one-half unit is given up by
the second half system. A review of Ranger gas-system
flight performance indicates that 1.39 1b of N, would be
sufficient to complete the mission. The weight penalty
for using the dual gas system over the original system is
approximately 7 Ib. The total gas system weight including
gas weight is approximately 30.5 1b.
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Fig. G-2. Attitude control semi-redundant gas-actuator system

a. Jet valve description. The redundant gas system was
first used on the Ranger 6. The valves utilize metal-to-
metal primary seals which have leak characteristics of
0 to 3 cc/hr. With a valve containing a metal-to-metal
seal, clean contamination-free systems are paramount for
low leakage.

The criteria for metal-to-metal valves presently require
clean levels below 5 p metallic and 25 x non-metallic. The
units perform with exceptionally fast response times. The
smaller coil and lower winding inductance provide for
opening and closing times of 15 and 7 msec when excited
with the normal voltage.

b. Fill manifold and filter. The Ranger gas subsystems
utilize conditioned nitrogen gas as the working fluid. The

- inlet manifolding to the gas system has included a bacteria

filter rated at 0.22 ;1 absolute to meet sterilization require-
ments formerly imposed. Included also in the fill manifold
assembly are one shutoff valve, a check valve, a pressure
port for calibration and leak testing and associated
plumbing. A new compact fill manifold assembly was
designed to improve this subassembly.

The compact filter assembly provides all of the basic
utilities of the old system, in addition to fail-safe pro-

tection. A check valve in parallel with the filter limits
the reverse flow pressure drop which would otherwise
puncture the filter membrane. One needle-point ball shut-
off valve replaces the previous two. The fill assembly is
removed from the spacecraft after the final flight charging
operation.

c. Gas valve solenoid improvement. In the gas attitude
control used on the Ranger spacecraft, a source of impulse
error in correcting the position of the spacecraft is the
slow and variable closing time of the solenoids used on
the gas valves. Because of this error, gas wastage results
and more gas must be stored aboard the spacecraft for
any particular mission. This is a problem inherent in
solenoid coils, as the holding current level is well below
pull-in current level, and the associated switching cir-
cuitry must be protected from the high voltages that can
be induced by the solenoid upon disconnecting the cir-
cuit. The commonly used circuit protection is shown
in Fig. G-3.

In the relationship L (di/dt) + iR =0 (which is the
equation that describes what happens in an inductive cir-
cuit when the outside energy is removed), R is the coil
resistance and the forward resistance of the protective
diode in Fig. G-3a. The voltage developed across the coil
in this circuit is less than 1 v.
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|
|

Fig. G-3. Solenoid switch-circuit protection
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Part (a) Part (b)

To speed the current drop, more resistance is needed
in the diode circuit. This results in higher voltages being
induced across the coil. The limit is the voltage level that
the controlling switch can stand. In the Ranger attitude
control, this is a transistor switch and little real aid can
be obtained in adding resistance to the diode circuit. A
more promising means of speed current drop and solenoid
closing time is the addition of a zener diode, as shown in
the circuit of Fig. G-3b. This increases the resistance
in the circuit and places a limit on the induced voltage,
protecting the control switch.

Experimental results show the following:
1. Solenoid valve with protective diode: 40 to 95 msec.

2. Solenoid valve with zener protection: 8 msec.

The reason for the large variation in solenoid drop-out
time for the circuit of Fig. G-3a is that it takes in excess
of five time constants of the circuit for the solenoid valve
to close. The case for the circuit of Fig. G-3b is that the
solenoid valve closes in less than one time constant of
the circuit.

In the gas attitude control system used aboard the
spacecraft, the addition of the zener diode allows a much
more accurate prediction of gas consumption, a better
prediction of impulse imparted to the spacecraft, and less
gas required for any particular mission.

Further investigation is in progress to establish the
relationship of zener dynamic resistance to valve closing
time, as well as a reliability of higher order for this use
of a zener diode.
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2. Pressure Regulators

The attitude control pressure regulator reduces the
source pressure, carried by a pressure vessel, of nominally
3650 psi down to 15 psig for use by the jet valves.

In early tests at cold environmental temperatures of
approximately 32°F and with the dew point of the inlet
gas at —60°F, the regulator slowly cut off its low. Fur-
ther investigations have indicated that the regulator is
unaffected up to 2100 psi inlet pressure when the inlet
gas is dryer (—70°F dew point). Apparently the moisture
content of —60°F dew point gas is sufficient to cause
the small area downstream of the poppet to be clogged
with ice during regulation. After heating, the regulator
again operates normally until it ices-up again. To elimi-
nate this problem, the dew point of the charged gas is
carefully controlled on the spacecraft.

For charging of the pressure vessel aboard the space-
craft, the Lo-Boy nitrogen booster is used. This system
is a completely self-contained charging station requiring
neither electrical power nor driving air for its operation.
Two commercial K-bottles charged with nitrogen up to
2100 psi are housed within the cabinet. A gas-operated
pump boosts the pressure to that required for system
charging. A dehydration system within the unit is in-
stalled in the high-pressure line to provide delivery of
approximately —70°F dew-point gas. Particle filters and
hydrocarbon filters are also included in the system.

3. Leakage Detection

Impulse conservation of the gas actuator system during
flight is essential because a specific amount of gas is stored
at launch to comply with mission requirements. Poten-
tially, loss of impulse accountable to system leakage can
be significantly greater than all other causes (e.g., com-
bating solar torque, meteor impacts, etc.). After assembly
of the actuator system to the spacecraft, quantitative
leakage checks of the system must be run periodically to
determine if the over-all leakage is within acceptable
limits. Results using a mass-spectrometer helium sniffer
to detect leakage proved to be inadequate. Also, the usual
approach for pinpointing leakage by using special bubble
solutions was misleading. Two new approaches have been
taken to quantitatively determine over-all leakage of the
entire system: one utilizes a test console to test the gas
system; the other uses a bag and mass-spectrometer tech-
nique to determine the over-all leak rate of the half
system and is still in development. This latter approach
will be used prior to assembly of the gas system on the
spacecraft.
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The spacecraft is pressurized through the charging
valve common to the leak-test console. During the charg-
ing operation, the shutoff valves are in the open position
allowing the reference supply to be pressurized to the
same pressure as the spacecraft. The spacecraft tempera-
ture sensor is taped to the spacecraft pressure vessel and,
after the temperatures have stabilized, a temperature
balance pot is adjusted to yield a bridge null. The bypass
shutoff valve is then closed, and monitoring of the differ-
ential pressure gauge and the bridge output is initiated.
After sufficient time has elapsed, the differential pressure
and temperature indications are recorded. Equation (G-1)
is then applied to determine the rate of leakage. This
formula is accurate within 1% for temperature variations
of less than 5°F.

L 4 [EAT—AP]

= RpT| T, (G-1)

where

L = leakage
V = volume of spacecraft supply
R = gas constant
T, = initial temperature
t = elapsed time of the test
P, = initial pressure

p = density at standard
conditions

AT = differential temperature

AP = differential pressure

Three parameters change during the test: time, differ-
ential pressure, and differential temperature. For high
resolution, it is apparent that a relatively long test time
(i.e., 1 to 3 days for a leakage rate of 60 cc/hr) is required.
The console is used to determine the leakage rate after
assembly, after shake testing, and after shipment of the
spacecraft to the launch site.

4. Gas Jet Nozzle Calculations

The specifications of the gas jets are based on the accel-
eration requirement of a = 0.6 mrad/sec? for the normal
gas system or ay, = 0.3 mrad/sec? for the half-gas system.
The gas jets must provide the above acceleration during
the midcourse and terminal maneuvers.

The moments of inertia used for the nozzle specifica-

tions were computed analytically and are given below
in Table G-1.

Table G-1. Spacecraft moments of inertia

Phase Loz, slug-ft* 1y, slug-ft* I.:, slug-ft*

I. Launch 82.15 84.74 32.23
84.70° 85.87"

Il. Cruise 93.10 120.94 62.40

I1l. Midcourse 92.05 114.60 67.68
97.67° 117.98°

IV. Cruise 92.99 120.83 62.38

V. Terminal 92.52 116.39 66.35

g = 32.14 ft/sec?

*Experimental measurements

The force imparted by each of the jets is fecund by
writing the torque equations as

r=Ia (G-2)
and
r=Fd (G-3)
where
a = acceleration
I = moment of inertia
F = thrust
d = jet moment-arm length
and equating so that
F = % (G-4)

Table G-2, below, presents the moment arms for the
jets shown in Fig. G-1.

Table G-2. Gas jet moment arms

Moment arm Jet moment arm length (d), in.

+ x torque 29.85 29.85
Pitch

—x torque 28.08 28.08

+ y torque 32.30 1121
Yaw

—y torque 32.51 11.47

+z torque 25.97 26.39
Roll

—z torque 25.97 26.39
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The force exerted by the gas of the plus pitch jet dur-
ing the maneuver sequence is therefore

_ (97.67 slug-ft*) (0.3 mrad/s?)
e 29.85 in.

(12 in. /ft)
(G-5)
F..=001181b

Table G-3 summarizes the force needed by each of the
gas jets in order to maintain the required acceleration.

Table G-3. Thrust required by each gas jet

Axis Thrust required (lb) Nozzle D (in.)
Dbk +x 0.01180 0.01180 0.0256 0.0256
it
« —x 001252 | 001252 | 00263 | 0.0263
Y +y 0.01316 0.0379 0.0269 0.0467
aw
=57 0.01308 0.0371 0.0269 0.0460
Roll = 0.00936 0.00922 0.0227 0.0225
o
=2 0.00936 0.00922 0.0227 0.0225

The nozzle diameters that are required to produce the
desired thrust levels are determined from the graph in
Fig. G-4 and are also given in Table G-3.

For the levels of thrust in the range of 0.037 Ib and for
a supply pressure of P, = 14.8 psi, Fig. G-4 is used.

The thrust is given as

F = AP.K, (G-6)

where

Il

area of the nozzle

K. = dimension factor depending on
the chamber pressure

P. = chamber pressure
Equation (G-6) is then rewritten as

F

K. =37,

(G-T)

Therefore, from Fig. G-5, the knowledge of the nozzle
diameter desired provides information as to the magni-
tude of the dimensionless factor K., by giving the chamber
pressure. Figure G-6 is used to verify the choice of P,
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Fig. G-4. Thrust vs orifice diameter for a supply
pressure of 14.8 psi

and K, since they are plotted as a function of the nozzle
throat diameter (D).

Table G-4, below, describes the nozzle characteristics.

Table G-4. Jet nozzle thrust required

Di‘:i’:j'e’ (P./P.) loﬁ"(’i‘:‘ 5 | Petesid (f]/ :_':;’ Force (Ib)
0.055 0.79 2.375 nz 15.27 0.0424
0.053 0.819 2.205 12.12 15.34 0.0410
0.050 0.856 1.962 12.68 15.42 0.0384
0.0475 | 0.890 1772 13.18 15.51 0.0362
0.045 0.920 1.590 13.61 15.59 0.0337
0.040 0.956 1.256 14.15 15.67 0.0279
0.035 0.975 0.961 14.42 1572 0.0218
0.030 0.987 0.707 14.60 1575 0.0163
0.025 0.994 0.419 14.70 1579 0.0114
0.020 0.997 0.314 14.76 15.70 0.0073

For large thrust levels, the empirical data displayed in
Fig. G-6 was assumed for an exit diameter of 0.200 in.
The efficiency can be improved over that which is seen
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Fig. G-5. Steady-state chamber pressure, effective
solenoid valve-flow diameter, 0.063 in.

in Fig. G-6 by 7% with an area ratio of 100:1. Therefore,
the thrusts are divided by 1.07 to compensate; this yields
F., = 0.03541b

F.,=003471b

The nozzle diameters shown make this allowance. Thrust
levels other than those noted are not benefitted as greatly.

" Table G-5, showing the relationship between the C.G.
location and control valve, is given below.

A picture of the jet nozzles is shown in Fig. G-7.

5. Gas Consumption Analysis

The attitude control gas is stored in two independent
reservoirs to provide redundancy for reliability. If a valve
should fail to close, one reservoir will be entirely depleted,

0.005

/ 100045 0
g

o

K¢, Ibs/sq.in. - psia

1.3
/NOZZLE THROAT DIAMETER, in.

AREA AND CHAMBER PRESSURE

0 5 10 15
CHAMBER PRESSURE, psia

RATIO OF STEADY STATE THRUST TO THE PRODUCT OF NOZZLE THROAT

Fig. G-6. Nozzle steady-state thrust, nozzle exit
diameter = 0.1982 in. (20° half angle)

but only one-third of the other will be used to balance
the torque from the failed valve. The dual gas system
is shown in Fig. G-8.

The failure mode of interest occurs when one of the
valves from reservoir A remains open. Assuming that
the gas supplies in A and B are equal, then the control

Table G-5. Relationship between C.G. location
and control valve

Control C.G. offset Roll axis C.G. location
vul\‘ve (center of Cruise | |Midcourse | Cruise Il | Terminal
rotation mass) 473.82 | 473.36 | 473.74 | 473.46
Pitch (—x) —0.66 yaw 28.15 28.19
—0.93 yaw 28.07
—0.98 yaw 28.08
Pitch (+ x) —0.66 yaw 29.36 29.41
—0.93 yaw 29.76
—0.98 yaw 29.85
Yaw (—y) +0.13x 32.08 32.37 32.12 32.30
11.62 11.44 11.58 11.47
Yaw (+y) +0.13x 32.30 32.58 32.34 32.51
11.34 11.17 11.32 11.21
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Fig. G-7. Ranger gas-jet nozzles
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Fig. G-8. Dual gas system, one axis

moment needed to equal the torque created by the stuck
valve A_ is proportional to the gas flow rates, as

Qu, + 05, = Qa_ (G-8)
where Q = mass flow rate of the gas. Since
Qa, = Os, (G-9)
Eq. (G-9) may be rewritten as
1
Q1 =504 (G-10)

Therefore, each valve must provide one-half the torque
needed to equalize that created by the stuck valve.

Now the gas consumed is given by

W = QAT (G-11)
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where
W = gas weight
AT = duration that valves are open
For reservoir A, the gas expulsion is a function of the

stuck valve flow rate and also the valve providing the
righting torque, so that

Wi = (Qa_+ Qa,)AT (G-12)
Substituting Eq. (G-10) into (G-12)
WA — (QA_ + ]/2@1!_) AT
and
W = (4Q. ) AT (G-13)

The additional gas that reservoir B must contain in the
event of a failure of this nature is then

AW = QAT (G-14)
where, from Eq. (G-9) and (G-10), )
Qp = %Q4_ (G-15)

Then, Eq. (G-14) is rewritten as
AWy = %Q, AT (G-16)

The ratio of the gas consumed in reservoir B to that
in A gives
AW, 1

W, 3 (G-17)
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or

AWB = 1/3WA (G—lS)

so that a failure depletes all of the gas stored in reser-
voir A and one-third of B, leaving only two-thirds of the
initial gas stored in B/ Therefore, there will be a reserve

" equal to one-third of the total original amount stored just
prior to failure. Assuming that a failure may occur at the
start of the mission, the total gas storage requirement is

" then equal to three times the amount necessary for atti-
tude control operation.

In the event a failure does deplete one reservoir, the
control system acceleration will be reduced by one-half.
This will affect the gas consumption in some maneuvers.
As a consequence, separate analyses have been made for
a normal and a failed (half-gas) system.

The system parameters and environment affect the rate
of gas consumption. Therefore, a nominal and worst case
calculation is made for both the normal and half-gas sys-
tems. Since some parameters are difficult to evaluate, they
have been selected in the direction of a worst case, and
thereby cause both the nominal and worst cases to be on
the pessimistic side.

6. Gas Requirement Summary

The following summary, in Table G-6 below, compiles
the results of the gas requirements computed in the main

Table G-6. Gas requirement summary

Gas system
Normal (no valve failure) Half (vul've‘ failure at
ds mission)
Nominal Worst case Nominal Worst case
(Ib) (Ib) (Ib) (Ib)

Initial rate

reduction 8.93X107% | 10.6X107? [893X10* [ 10.6X107*
Acquisition

transients 53X107* 6.9X107% [11.0X107* | 143X10°°
Cruise 20.0X10° | 67.0X107% | 20.0X107* | 67.0X10°*
Commanded

turns 9.5X107? 10.9x102 | 12:2x107* 16.8X10°*
Midcourse

motor firing 0:85¢102 [F 122 X107 | 4.9x107* 6.1X107*
Leakage 1.02<105* 1.5X107 | 0.5X107* 0.7:%10:?
Total 545X107° | 110.0X 107 [ 57.5X107* | 115.5X 107

body of this Report for the Ranger Block III attitude
control system.

The total gas storage at launch is
W =4181b

The amount of gas available if a valve failure occurs at
launch is, therefore,

W, = %W = 1.391b

The gas reserve at encounter is given in Table G-7
below.

Table G-7. Gas reserve at encounter

System

Half
Worst case (Ib)

Normal

Nominal (Ib) Worst case (Ib) Nominal (Ib)

3.64 3.08 0.82 0.23

The most significant number is the reserve available
for the system that has a valve failure at launch, and flies
with parameters in the worst direction. In this case, there
is a 0.23-1b reserve. Worst case modifications are pre-
sented below.

a. Worst case modifications.

(1) Initial rate reduction. The only major change as-
sumed is due to a variation in the specific impulse
of +20%.

(2) Acquisition transients. Several parameters affect the
acquisition gas consumption. The specific-impulse
acceleration constant and torque, for example, con-
tribute to a total variation of approximately 30%.

(3) Commanded turns. The gas consumed in the turns

is mostly changed by an increase in the on time

due to changes in system parameters and I,,. The
full system is changed by +25%; the half-system
by +37%%.

Midcourse motor firing. A total change of approxi-
mately 25% is due to I, and the acceleration con-
stant a.
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APPENDIX H

Attitude Control Schematics

The circuit diagrams provided in this appendix are
included to extend the depth of the analyses conducted
in this Report. Each of the attitude control subsystems
are listed below, and shown in schematic form on the
following pages in Fig. H-1 through H-12.

Figure Attitude Control Subsystem
H-1. Sensors, Sun; primary and secondary
H-2. Earth senscr
H-3. Gyro control
H-4. Gyro and capacitor
H-5. Switching amplifier
H-6. Derived-rate switching amplifier
H-7. Antenna control electronics

H-8. Actuator, antenna
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Fig. H-1. Sensors, Sun; primary and secondary

H-9. Command switching and logic
H-10. Autopilot electronics
H-11. Accelerometer
H-12. Actuator, jet vane
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APPENDIX |

Supplemental Documents

The subject matter prepared in this appendix may be
said to contain some very essential contributions which
- made this extensive Report possible. From the inception
of the Ranger program in 1959 to the present, many
engineering reports, memos, design workbooks, and engi-
- neering notes have been meticulously written and docu-
mented, for the most part. However, no matter how these
documents were finally assembled, they originated in the
minds of many exceptionally talented and dedicated
engineers at JPL. The following list of supplemental
documents is presented, therefore, in this appendix since
most of these documents are not distributed off-Lab as are,
for example, the Technical Reports, Technical Memo-
randa, and Space Programs Summary (SPS). However,
the bulk of this material originated in the Guidance and
Control Division and may possibly be available upon
request from Mr. R. G. Forney, Chief of Section 344.

These supplemental documents are divided into sev-
eral sections in order to present information pertaining
(1) to a particular phase of the flight or (2) to one of the
subsystems. Also included is a list of supplemental docu-
ments related to the Mariner spacecraft; this is done
simply because many of the Ranger studies are neatly
related to the Mariner program. All of these pertinent
and significant supplemental documents are listed on the
following pages.

1. Attitude Control
Decument Title

1. IOM (10/23/59)
2. G&C #2 (1/19/60)

Sun Oriented Attitude Control System
Tumbling Rate Reduction for a Vehicle with a Simplified Gas  A. Klumpp

The supplemental documents are listed chronologically,
for the most part, and originated from Division 34 and /or
Section 344, unless otherwise noted. Pertinent abbrevia-
tions used in the listed documents include the following,
in their order where first mentioned:

. IOM = Internal Office Memorandum
G&C = Guidance and Control

TM = Technical Memo

SPS = Space Programs Summary
ARS = American Rocket Society
Conf. = Conference

AIAA = American Institute of Aeronautics and
Astronautics

NI LR S R o

8. DER = Design Evaluation Review
9. Spec. = Specification

10. FR = Functional Ranger

11. RFP = Request for Proposal

12. RL = Revised List

13. RTM = Ranger Technical Memo
14. TR = Technical Report

15. Mar. = Mariner

16. RA = Ranger

Author

H. Vivian, D. Acord

Type Attitude Control System

3. G&C #4 (2/10,/60)
4. IOM (3,/7,/60)

5. IOM (3/9,/60)

6. IOM (3/16/60)
RA-1 & 2 Spacecraft

7. G&C #6 (3/30,60)

Three-Dimensional Study of Spacecraft Attitude Control

P. Eckman

Specifications of Sun-line Attitude Control Parameters for T.Barber
RA-1 and RA-2 Spacecraft

RA-3 Spacecraft Guidance and Control Program
Specifications of Earth-Line Attitude Control Parameters for = W. Breckenridge

J. Stearns

Torque Crosscoupling Arising from Jet Axis Misalignment & T. Barber

Center of Gravity Motion for a Single Jet per Axis System

8. IOM (4/14/60)
9. IOM (7/15/60)
10. IOM (8/5,60)

Preliminary RA-3 Functional Description
Definition of Spacecraft Coordinate System for RA-3, 4, 5

Engineering Review RA-3 Attitude Control and Power System  ]. Stearns

A. Klumpp

A. Forsythe,
A. Klumpp
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10k
12.
13.

14.

15.

16.

17

18.
19.

20.

21.

22.

23.
24.
25.

Document

IOM (10/5,/60)
IOM (12/5,/60)

Title

RA-3, 4, 5, Bi-Weekly Reports, Sept. 19, 1960-Jan. 23, 1962
RA-3, 4, 5 Attitude Control Problem Items

G&C TM #12 (5/2/61) Analysis of a Roll, Pitch Maneuver Using Optical Pitch & Yaw

SPS 37-9, Vol. IT
(6/1/61) (Confidential)

Design Workbook
(8/3/61)

Aerospace Corp., ARS
G&C Conf. (8/7/61)

IOM (5/31/62)

IOM (4/2/63)

ATAA G&C Conf.
#63-327 (8/12-14/63)

NASA /JPL Re-order
#63-425 (9/63)

Northrop Space Labs,
DER #0069 (10,/4,/63)

Spec. #FR3-4-420
(10/21/63)

IOM (11/12/63)
IOM (5/7/64)
IOM (5/28,/64)

2. Midcourse Analysis

26.

27.

28.

29.
30.
31.
32.

33.
34.

a

I0.

36.

37.

38.
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IOM (4/14/60)
IOM (4/14,/60)
IOM (4,18,60)

IOM (7/14,/60)
1OM (7/14,/60)
IOM (7,/20,/60)
IOM (8,/8,/60)

G&C TM #8 (8,/12/60)
IOM (8/19/60)
IOM (8/20,60)
IOM (8/23/60)

TOM (10/6,60)

TOM (11,9/60)

Control and Inertial Roll during the Roll Turn & All Inertial
Control during the Pitch Turn

Ranger Attitude Control System
Ranger 3, 4, 5 Attitude Control Sun Acquisition Design

Limit Cycles in Reaction Jet Attitude Control Systems, Subject
to External Torques

Attitude Control Design Criteria

Attitude Control Interface Changes

Theoretical & Practical Aspect of Solar Pressure Attitude Con-
trol for Interplanetary Spacecraft

Attitude Control—Ranger Program Documentation Data

Design Evaluation Recommendation, Attitude Control Sub-
system

Functional Specification Ranger Block III Attitude Control
and Autopilot Subsystems

Ranger Block III Information
Functional Changes between Ranger 6 & 7

Ranger Block III Guidance and Control Subsystem Functional
Description

Attitude Control Requirements of the Midcourse Motor for
RA-3

Current Estimates of Guidance and Subsystems Errors for
RA-3

Summary of Assumption and Calculations of Midcourse Point-
ing and Guidance Errors for RA-3

RA-3, 4, 5 Midcourse Maneuver
RA-3 Midcourse Guidance System Function Specification
RA-3 Midcourse Autopilot

Attitude Control Requirements on Spacecraft Dynamic Char-
acteristics, Midcourse Motor Calibration, & Midcourse Motor
Mounting

Midcourse-Maneuver Error Analysis
RA-3 Midcourse Autopilot (Revised)
RA-3 Midcourse-Roll Control System
RA-3 Midcourse & Terminal Error Analysis

RA-3, 4,5 Midcourse Motor Vibration Measurements at the
Accelerometer

RA-3 Autopilot Roll Control

Avuthor

E. Linderman
A. Klumpp
A. Klumpp

JPL, Sect. 344
A. Klumpp

P. R. Dahl,
G. T. Aldrich,
L. K. Herman

V. Anthony,
E. Linderman

A. Cohee, R. Hill
J. D. Acord, J. Nicklas

Northrop Space
Laboratories

D. McLain
JPL, Sect. 344

R. G. Forney
P. Meyer
JPL, Sect. 344

A. Klumpp
D. Morris

W. Breckenridge

E. Linderman

W. Breckenridge

T. Casad

A. Klumpp, T. Casad

W. Breckenridge
T. Casad

W. Breckenridge,
A. Klumpp

E. Linderman

T. Casad




39.
40.

41.

49.

43.
44.

45.

46.

47.
48.
49.

50.
51.

S52.
53.

54.

55.

56.

57.

58.

59.
60.
61.

62.

63.

64.

65.
66.

Document

Engr. Notes (12/5/60)

Sec. 312 RFP #3
(2/11/861)

Sec. 312 RFP #3,
Addendum #1
(5/8/61)

IOM (3/14/61)
IOM (3/23,/61)
IOM (4/5/61)

Sec. 312 RFP #2,
Addendum #2
(5/22/61)

Design Workbook
(7/31/61)

IOM (9/20/61)
IOM (12/1/61)

Engr. Notes
(1/12/62)

Engr. Notes (1/15/62)

Spec. #RL-4-460
(1/22/62)

IOM (1/31/63)
IOM 312-281
(2/25/63)

IOM (5/3/63)

IOM (5/16/63)

Nortronics Memo
1-T4403,/63/9
(9/9/63)

Nortronics Memo
1-T4403/63/8
(9/9/63)
Nortronics Memo
1-T4403/63/7
(9/9/63)

IOM (10/10/63)
IOM (10/11/63)
IOM (12/8/63)
SPS 37-4, Vol. II

(1/1/60) (Confidential)

IOM (1/31/64)

3. Terminal Analysis

G&C TM #11
(4/20/61)

IOM (10/3/61)
IOM (9/24/63)

Title

Midcourse Maneuver Constraints
Error Analysis of Midcourse Guidance System

Change in Midcourse Error Analysis Program

Command Turn Analysis (Analog Computer)
Mandatory Autopilot Change

Electrical Limiting in the Autopilot Roll Channel for Ranger 3
and Mariner A

Error Analysis of Midcourse Guidance System

Commanded Turn Analysis

Effect of Structural Resonances on Autopilot Stability
RA-3 Midcourse Maneuver Error Analysis
Commanded Turn Analysis

Roll, Pitch Turns

Functional Specification Spacecraft, Ranger 6, 7, 8, 9 Flight
Equipment, Midcourse Autopilot System

Request for Midcourse Guidance Program

Effect of Some Midcourse Mechanization Tolerances on the
Precision of Lunar Impact

Meeting on C.G. Documentations: Autopilot Stability and
Midcourse Correction Accuracies

Thrust-Vector Errors in Midcourse
Comparison of Modified Jet-Vane Actuator with Old One

Transverse Velocity Error during Midcourse Maneuver

Jet-Vane Actuator Loop Analysis

RA Block III Midcourse Maneuver Execution Capabilities
Midcourse Maneuver Error Analysis Block IIT

RA Block IIT Midcourse Maneuver Execution Capabilities
RA-3 Midcourse Guidance System

Ranger Autopilot Analysis

Error Analysis for Pitch-Yaw-Pitch Maneuver Using Optical
Roll Control and Inertial Pitch and Yaw Control

Ranger 3 Terminal Maneuver Error Analysis
Ranger Block II Terminal Maneuver Error
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Author

W. Breckenridge
J. O. Maloy

J. O. Maloy
A. Klumpp

E. Linderman
A. Klumpp

J. O. Maloy

A. Klumpp

J. Smith
E. Suggs
K. Bouvier

A. Klumpp
JPL, Sect. 344

E. Suggs

L. Bronstein,
D. Curkendall
A. Kidd

A. Kidd

H. Nakano

H. Nakano

H. Nakano

G. D. Pace
W. Turk

G. D. Pace
JPL, Sect. 344

H. Nakano

A. Klumpp

E. Suggs
H. K. Bouvier
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Document Title Author
67. Northrop Space Labs, Earth-Probe-Sun Angle Constraints Imposed by Attitude Con- M. Smith
RTM-E-004 (12/63) trol System
68. Engr. Notes (12/63)  Ranger Pitch-Yaw-Pitch Turns W. Kirhofer
4. Gas System
69. IOM (4/22/60) Cold-Gas Midcourse Attitude Control for RA-3 J. Stearns
70. IOM (7/5/60) Addition of Yaw-Gas Jet Actuators to the RA-1, 2 Attitude V. Anthony
Control Subsystem
71. Engr. Notes (9/19/60) Gas Calculations A. Klumpp
72. IOM (9/26/60) RA-3 Gas Consumption A. Klumpp
73. IOM (10/17/60) Acceleration Tolerances RA-1, 2 T. Barber
74. IOM (11/7/60) Acceleration Tolerances RA-1, 2 T. Barber
75. IOM (11/23/60) Redesign of N, Pressure Vessel E. Linderman
76. IOM (4/10/61) RA-3 Gas Consumption E. Suggs
77. IOM (5/8/61) RA-3, 4,5 N, Gas Allowance E. Linderman
78. IOM (7/21/61) Effects of Short-Pulse Duration, Multiple Switching, & Noise J. Dahlgren
on RA-3 Gas Consumption & Proposed Action
79. IOM (8/15/61) Detailed Report RA-1 Attitude Control Gas Leakage J. Dahlgren
80. IOM (9/12/61) RA-3 Jet Valve Nozzle Specs. J. Dahlgren
81. IOM (11,7/61) RA-3, 4, 5 Attitude Control Gas System W. Atkinson
82. IOM (11,/9/61) RA-3 Jet Valve Nozzles J. Dahlgren
83. IOM (11/13/61) RA-3 Flight Gas Analysis J. Dahlgren
84. IOM (11/17/61) RA-3 and RA-4 Spacecraft Gas Subsystem Updating & Eval-  ]. Dahlgren
uation
85. IOM (11/30/61) RA-3 Flight Analysis (Revised) J. Dahlgren
86. IOM (4/20/62) Attitude Control Gas Actuator Bibliography J. Dahlgren
87. IOM (1/5/63) Actuator Group Reliability Estimation J. Nicklas
88. JPL RA Spec. Attitude Control Gas Actuator System G. Courville
(1/30/63)
89. SPS 37-22, Vol. 1 Ranger Gas Actuator Development E. Koch,
(7,/31/63)(Confidential) J. Dahlgren
90. IOM (9/20/63) Ranger Block I1I Gas Storage K. Bouvier
91. Engr. Notes (10/63) Commanded-Turn Transient On Time for Gas Computation A. E. Cherniack
92. IOM (10/16/63) Ranger Gas System Acceleration Constant R. E. Hill
93. IOM (11/14/63) gr}f:ssEre Transducer Safety, & Ranger 6, 7 & PTM Regulator ~R. Summers
ecks
94. Engr. Notes (1/10/64) Nozzle Calculations, Ranger 6 J. Dahlgren
5. Center of Gravity and Dynamic Problems
95. IOM (9/7/60) Change of C.G. for RA-1 J. Stearns
96. IOM (11/7/60) Analysis of Disturbance to Spacecraft Due to Motion of On-  E. Suggs,
Board Apparatus J. Nicklas
97. Engr. Notes (1/16/62) Ciriteria for Stability for Structural Resonances in the Forbid- A. Klumpp
den Region
98. Engr. Notes (4/16/63) Ranger Spacecraft Dynamics J. South
99. IOM (7/22/63) Out-Position Latches for Ranger Solar Panel Actuators W. W. Hough,
W. J. Carley
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100.
101.

102.
103.

104.
105.

106.
107.
108.
109.
110.

108k
112.
113.
114.

115.
116.
1117

118.
119.
120.
121.

122.

123.
124.

125.

126.

127.
128.
129.

Document

IOM (8/30,/63)
IOM (9/17/63)

. Celestial Sensors

IOM (1/23/61)

IOM 344-11 (2/27/61)

IOM (3/15/61)
IOM (5/15/61)

IOM (8,17 /61)
IOM (10/16/61)
IOM (10,/24/61)
IOM (11/6/61)
IOM (11,/7/61)

IOM (11/1/61)
IOM (11/20/61)
IOM (1/18/62)
IOM (3/28/62)

IOM (5/23/62)
IOM (5/29/62)

TR 32-274 (5/31/62)

IOM (6/8/62)
IOM (6/11/62)

Engr. Memo 344-28

(6/19/62)
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