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NATTONAL ADVISORY COMMITTEE FOR AERONAUTICS

RESEARCH MEMORANDUM

AFRRODYNAMIC PRINCIPLES FOR THE DESIGN OF
JET-ENGINE INDUCTION SYSTEMS

By Wallace F. Davis and Richard Scherrer
I. INTRODUCTION

An air~induction system conveys air from the atmosphere to the

engine of an aircraft. Its purpose is to supply, under all flight con~
ditions, the air needed for best operation of the engine with the least
disturbance to the external flow. In other words, to avoid penalties in
engine size, weight, and fuel consumption, an induction system must supply
air at the maximum pressure and with the least drag and adverse inter-
ference possible. The flow to the engine must be sufficiently uniform
and steady to maintain engine performance and to avoid vibration and
structural failure. The significance of the air-induction system in
high-speed-aircraft design has been well illustrated by Sulkin in refer-
ence 1. It is shown that for fighter aircraft flying at Mach numbers less

than about 1.1, the pressure losses through a typical normal-shock inlet
cause a loss in engine thrust that is equivalent to less than 10 percent
of the wing drag; whereas, at a Mach number of 1.6, these pressure losses
reduce the engine thrust force by an amount equal to the wing drag.

A sizable quantity of research has been directed toward finding
solutions to the problems of air-induction systems, particularly in the
Mach number range from O to 2; but the results have not been consolidated
into an organized group of design principles, Kuchemann and Weber have
written a textbook on propulsion (ref., 2) and present some discussion of
air induction, However, further consolidation of information is required,
particularly for supersonic aircraft., It is the purpose of this report
to assemble principles of induction=-system design for flight to a Mach
number of 2 and to use existing data to show the consequences of compro=-
mising them, In order to accomplish this task it was necessary to make
an extensive search of existing literature on air-induction systems., A
bibliography based on this search is appended to the present report,

The bibliography lists reports published since 1948 and thus extends the
bibliography of reference 3. The authors acknowledge with gratitude the
assistance given by Mr. Emmet A, Mossman, Mr, Forrest E, Gowen, and
Mr, Warren E, Anderson in carrying out the literature search and in making
other contributions to this report.

CONFIDENTTIAL



2 ) CONFIDENTTIAL NACA RM A55F16

The design of an air-induction system for an airecraft is greatly
influenced by the design of both the airframe and the engine, and the
performance of airframe and engine can be seriously affected by the
induction system. Therefore, the problems of air induction must be con-
sidered from an over-all viewpoint, and a broad outline must be selected
to relate design principles. In this report, the problems of air-induction
systems are arranged according to the following outline, and the principles
that have been established for their solution are presented under the
appropriate problem headings.

A. Definitions are presented to describe the forces involved and
the terminology used in air-induction-system design.

B. The relationships of the induction system to both airframe and
engine are discussed to indicate the preliminary design con-
siderations. :

C. The detail design problems of ensuring high performance of an
isolated air-induction system and then of maintaining this
performance when in combination with other aircraft components
are discussed under two headings:

1. Induction, that is, the pressure-recovery, drag, flow=-
uniformity, and flow-steadiness problems encountered in
supplying air to an engine.

2. Interference, or how other parts of an airframe affect the
induction system and vice versa.

This arrangement is illustrated by the following chart:
Air-induction systems

]
Definitions

Preliminary considerations

J
Aircraft requirements
I '\
Airframe-induction- Enginé-induction-
system combination systeq combination
L

Detail considerations

|

Induktion Interférence
Pressure recovery Airframe-induction system
Drag ' Induction-system airframe

Flow steadiness and uniformity
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II. DEFINITIONS

In order to discuss induction-system design over a wide range of
operating conditions, it is necessary to have a consistent terminology.
The definitions that have been selected for use in this report have all
been used previously; and in the many instances where several terms have
been used by various investigators to indicate the same concept, the
choice made here is based upon considerations of consistency, popular
usage, and convenience. :

I

ATIR-INDUCTION SYSTEM

To define the major factors involved, consider the general arrange-
ment of the following sketch:

——eo— External surfaces
——+—— Internal surfaces
——— Streamline

Shock wave

17

~iial Y 7 ¥

Boundary-iayer bleed Nozzled
Ramp (compression surface]
Lip

—_

—d e ———0

Sketch (1)

The air-induction system (stations 1 to 3) is a part of the propulsion
system (stations 1 to 4) and is defined to be that portion of an aircraft
whose purpose is to convey air from the atmosphere to an engine. The
induction system includes any measures taken to compress or divide the
oncoming air stream that eventually flows through the engine, such as the
ramp and boundary-layer bleed (stations 1 to 2) shown in the sketch.

The inlet is at station 2, and the inlet area is measured in a plane
tangent to the most upstream point of the lip and normal to the mean flow
direction in this plane at maximum mass flow and zero angle of attack.

If the entire cowl lip does not lie in the inlet plane, the inlet area is
taken as the area outlined by the forwardmost points on the lips projected
onto the inlet plane. For particularly distorted inlet shapes, these
definitions are not always applicable; in such cases, an srea should be
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chosen which is the most representative in terms of induction-system
performance. Many specific definitions of inlet area have been employed
in the literature; two of these which are particularly useful are the
capture area, the axial projection of the inlet area and compression-
surface frontal area onto the plane of station 1, and the minimum cross-
section area, station 2'. FEach of these definitions is convenient in
certain cases, and they are identical for sharp-lip normal-shock inlets.
The duct (stations 2! to 3) in the general case includes an area and

shape variation along its length,; bends, and a plenum chamber. The engine
intake is at station 3 and is considered to be upstream of all components
that are normally supplied with an engine and that are present when static
tests of the engine are made. It is thus ahead of screens and swirl vanes.
The inlet lip and the fairing of external surfaces into other parts of the
aircraft are considered to be problems of the induction system.

Generally speaking, there are two characteristics used to identify
air-induction systems; namely, the location of the inlet on an aircraft
and the method used to produce compression upstream of the inlet. For
example, induction systems are denoted by such terms as nose, side scoop,
wing-root, conical-shock, or intermal-contraction inlets; and these
expressions are combined for more complete designations.

DIVISION OF FORCES

The division of forces between a propulsive unit and other parts
of an aircraft must be carefully defined to ensure consistency. (See
ref. 4, for example.) The air that flows through a jet-propulsion system
is compressed, heated, and then expanded to atmospheric pressure with
the reaction from the ensuing acceleration of the gases used to overcome
the restraining forces of pressure and friction and to accelerate the
aircraft. The division of the component forces that are included in these
thrust and drag forces is, to a large extent, arbitrary, but for practical
reasons specific definitions must be selected. The engine designer, having
no knowledge of the airframes in which an engine might be installed,
defines engine thrust with quantities that are independent of installa~-
tion conditions. The term used to describe the propelling force of an
isolated engine is the "net thrust" which is the rate of change of total
momentum (pressure plus momentum flux) of the gases handled by the engine
from the free stream to the tail-pipe exit. The aircraft designer defines
the force available to accelerate an aireraft, that is, the net propulsive
force, as the sum of all the forces, friction and pressure, in the flight
direction that act on all the surfaces of the aircraft (both internal and
external) that are exposed to the flow of air. In using engine information
to calculate this net propulsive force, the designer must be consistent
because it is assumed in the engine data that the propulsive system
receives air with free-stream momentum, but in an aircraft installation
this is generally not so. A correction must be made for the difference
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between the free-stream and inlet total momentum in order to obtain the
net propulsive force. The following discussion illustrates the considera-
tions which are involved.

The net thrust force of an engine is defined as (see Appendix A for
definitions of symbols and sketch (1) for the positions indicated by the
numerical subscripts)

Fp = meVa - moVo + Ag(pPa - D) (1)

It is assumed in this equation that the velocity and pressure distribution
at stations O and 4 are uniform and steady and that A, is normal to the
flight direction. The net propulsive force of an aircraft is defined as

Fp, = fAin(p - Po)dA - Dy, | = L/;&ex(p - Po)dA + Dy, (2)

dere, the pressure forces f(p - po)dA and the viscous forces Dy are
the components in the flight direction, and they are divided between
internal and external surfaces, Ain and Aex. A force tending to acceler-
ate in the flight direction is considered positive; thus the reaction
from the accelerated gases of a Jet engine causes a positive pressure
difference and a resultant positive force on the internal surfaces Ajip.
The internal surfaces include those of the air-induction system (that is,
from the stagnation point on the leading edge of the ramp and from the
stagnation point on the inlet lip to the engine intake, station 3, in
sketch (1)) and the engine and nozzle passages to the exit. The externsl
surfaces Aoy are those in sketch (1) from the forebody nose to station
1 and from the stagnation point on the lip to station L.

The first bracketed term of equation (2) less the force on the ramp
is, according to the momentum theorem, equal to the rate of momentum

change between the exit and the plane which includes the stagnation
points on the inlet 1lip (for a three-dimensional inlet)

-
L/ﬁ (p - bo)dA - DVinJ - (-Fp) = maVs + Aua(pa - Po) - Mt (3)
Asn

where

CONFIDENTTIAL
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BAIEk/p pTVT2dA +\/p (pT - po)dA
A1 AT

At area in the plane through the entry section enclosed by the
stagnation points of the internal flow on the lip; this plane
is here assumed normal to the flight direction, and flow-
inclination angles are assumed to be negligibly small

Fy sum of the pressure and friction forces in the flight direction
acting on the ramp; it is a negative force.

To utilize Fy in determining ¥y, the equation for the former can be
rewritten as the sum of the rates of momentum change of the gases handled

by the engine between the exit and station A1 and from Ay to the free
stream

Fn = maVa + As(ps - Do) - M + Mr - moVo (&)

From equation (3),
Fn=/; (p - Po)dA - Dy, | + Fr +Mr - moVo
in :

so, substituting in equation (2)

Fnp = Fn - (M1~ moVo) = Fp - JF (p - py)dA + DV ey
, Aex |
or -
an =Fp - f (p - po)dA + DVex + (MI - mgVo) + Fp (5)
ex

According to the momentum theorem, the rate of change of momentum through
the boundary about a definite volume of fluid is equal to the resultant.

of the pressure integral over the free-fluid surface and the forces acting
on the fluid due to solid surfaces. (This statement of the theorem assumes
steady flow and no shear forces on the free-fluid surface.) For the
streamtube between Ar and the free stream,

AT
f prVy dA +f (Pp - Po)dA = moVo =f (p - po)dA - Fg - Fr
AT A1 o
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or
Ar
Mr = moVo =k/P (p - po)dA - Fp - Fy (6)
o

where Fp 1is the body force between the nose and station 1 in sketch (1)
acting on the air which eventually flows through the engine. If the air-
induction system has a boundary-layer bleed, as in sketch (1), which pre-
vents the boundary layer from the forebody from entering the inlet, MT
would not include any of the momentum decrement of this boundary layer,
so0 Fp should then represent only the pressure drag on the strip of
external body surface which is affected by the flow to the engine. Sub-
stituting equation (6) into equation (5) gives the final relationship

A1
Fnp = Fn - J;\ex(p - po)dA + Dyey +f (p - po)dA - Fp (1)

(@]

In subsonic flight, when the flow is neither separated nor anywhere
supersonic, the determination of net propulsive force is somewhat sim-
plified. For such conditions, the flow outside the boundary layer can be
considered irrotational, and D'Alembertt!s theorem states that for a body
about which the streamlines close, the component of the pressure integral
An the flight direction must be zero over a bounding streamtube from the
upstream station at which the flow is undisturbed to the similar down-
stream station provided, in the case of a three-dimensional body, that
it carries no lift. Assuming for ease of explanation that the extermal
flow reaches ambient pressure at station U4 and that sketch (1) is axially
symmetric, it follows that

At -

4
f (p-po)dA+f(p-po)dA=o
o A

Restating the terms of equation (7) in smaller components

4 : ‘ Aty
an= Fn - !(p - Po)d-A +7£[ (p - po)dA + DVeX+[ (.p - po)dA -

JF(P - Po)dA - Dyg
B

(the integral designated B is the pressure force on the forebody from
the nose to station 1) so
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Fnp = Fn - Dy, + Dyy - (8)

where DVB is the friction force on the forebody surface that affects

the flow to the engine. In equation (8) Dyg (and in equation (7)
A I
[ I(p—po)dA-FB for the case of rotational flow) is the corrective term

%equired by the definition of the component forces of Fp,.. The engine
net thrust is the rate of momentum change from the free stream to the
tail-pipe exit (eq. (1)), but part of this momentum change Dyp cannot
be charged to the internal flow because it is accounted for in the
external flow as a part of Dy,,. To avoid the inclusion of Dy, twice
in an, the momentum at the initial station of the internal flow must be
corrected to local conditions, which means that Dy, must be added into
the equation for an because the true inlet momentum is less than that
as defined (moVo) and thus tends to increase an. In the event the

boundary layer from external surfaces is removed from the engine flow

by a boundary-layer bleed such as that of sketch (l), Fp dis not affected
by this loss in stream momentum, and the correction Dyp 1s unnecessary.
Then

Fop = o - Dygy (9)

Taking boundary layer into an induction system does not, of course, result
in only an additive correction, for F, decreases because of the loss

in pressure at the engine face and the decrease in my4 and V4 vwhich must

be suffered by an engine with a limiting design temperature. However, if

DVB increases faster than F, decreases, there can be an improvement in

an as boundary layer is taken into the induction system. Quick in

reference 5 shows that for a certain engine a decrease in specific fuel
consumption and an increase in avallable thrust can be produced by taking
boundary layer from a forebody into the engine at flight speeds less than
about 300 mph. At greater speeds, the thrust decreased rapidly relative
to that of an engine taking in no boundary layer because of the increasing
compressor inlet temperature and because of the loss in dynamic compres-
sion ahead of the engine. (See also ref. 2, p. 205.)

If the pressure at station 4 is not equal to ambient pressure, then

AI 4 (e}

f (P-Po)dA+f(P'Po)dA'+f(p—po)d.A=O

[¢ AT 4
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and
o0

an =Fp +f (P - po)dA— DVex + DVB (10)

4

In other words, a correction must be made for the momentum change occur=~
ring in the Jjet which affects the flow and thus the forces, as previously
defined, which act on the system. This correction is a pressure-drag
force which acts on the external surfaces. (See ref. 6.) The fact that
symmetry is not a necessary condition for the preceding equations for
subsonic potential flow has been demonstrated in reference 7. It can
also be seen from the fact that if a closed body, which according to

the assumed flow conditions can have no pressure drag, is added to the
system, the symmetry is destroyed and the total pressure drag must still
be zero if the flow remains irrotational.

X

PERFORMANCE PARAMETERS

The basic terms used in describing the performance of air~induction
systems are pressure recovery, drag, and mass flow. A description of each
of these concepts follows.

PRESSURE RECOVERY

. Several terms have been used to describe the performance of air-
induction systems in regard to their effectiveness in providing an engine
with high-pressure air. The total-pressure ratio pta/pto is the average
total pressure at the engine intake Pts divided by the total pressure
available from flight. (Methods of measurement and the determination of
the effectlve Ptg ;in nonunlform flow are discussed in Appendix B.)

This ratio is used whén an air-induction system is being considered in
relation to an engine-airframe combination because it is directly related
to the net thrust and the fuel consumption. Xichemann and Weber show
by a simplified analysis of turbojet engines in reference 2 (p. 197) that

AFy, Fng - F Pt
Fn? = anni 2 - "‘§> (11)
AQ/r)  (Q/Fn), - (a/Fq), A -

(Q/Fn)i ) (Q/Fn)i Pt,

CONFIDENTTAL
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where
Nrs |——— 7 -1 < ;)
i
1 - —
L =14+ 1 e
g <Po 7
RN
— n/4 -
. . 2
g Jet efficiency, —m8 —
1+ (Vg/Vo)
P
Ell pressure ratio across the engine exit nozzle
tn .
a actual installation with induction-system losses
i ideal installation without induction-system losses
Q fuel consumption

Thus I depends on engine design and flight conditions and is greater
than 1. A decrease in total-pressure ratio reduces the engine net thrust
and increases the specific fuel consumption with a greater effect on the
thrust reduction. This occurs because the net thrust decreases with both
the mass flow and the jet velocity while the fuel that can be burned
decreases only as the mass flow for a fixed turbine inlet temperature.
(See also refs. 8 and 9.)

Ram~recovery ratio (Pta‘Po)/(Pto‘Po) is the ratio of differences
in total pressure as measured at the engine face and ambient static pres-
sure DPtg~Po and the total pressure and static pressure in the undis-
turbed stream pto-Po. This parameter is useful because experience has
demonstrated it to be only a weak function of Mach number for well-
designed systems in subsonic flow at a fixed mass-flow ratio. (See
ref. 10.) Thus, the results of low-speed wind-tunnel tests can be extra-
polated to high subsonic Mach numbers (of the order of 0.9) for conditions
in which the total-~pressure profile at the inlet in flight is simulated
in the tests.l Conversion from ram-recovery ratio to total-pressure
ratio is accomplished by the formula:

15ee reference 11 for a discussion of equivalent mass-flow ratios
to be used in low-speed tests simulating high-speed conditions. The
equivalent mass-flow ratio is one which produces the same pressure rise
ahead of an inlet at low speed as occurs at high speed and thus is useful
in simulating conditions for configurations which have a boundary layer
growing on surfaces ashead of the inlet.

CONFIDENTTAL
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= (13)

Curves of this variation for 7y = 1.4 are presented in figure 1. (Through-
out this report 7 is assumed to be equal to 1.k4k.)

The parameter 1 - [(pyz-Ptg)/d=] has frequently been used to describe

losses in duct systems. As with ram-recovery ratio, tests of subsonic
diffusers with unseparated flow have shown little variation of this param-
eter with Mach number; but, also, it is not directly related to engine
performance., With air-induction systems, qo can be estimated for most
operating conditions without resorting to detailed flow measurements at
the inlet. At the high mass-flow ratios which occur in take-off, the
ma.jor losses in pressure occur at the inlet lips, and it is a fair assump-
tion that Pto=ptg. Then, g- can be calculated from the measured mass-
flow, Ap, and pt,. However, at mass-flow ratios of the order of 1, the
major losses occur in the duct and pg,2pty under which conditions it is
more reasonable to calculate qp on the basis of pty. If the parameter
‘is used, the conditions for the determination of gz must be specifically
stated to avoid confusion.

DRAG

The drag coefficient of an air~induction system is the dimensionless
ratio of force in the flight direction caused by an air-induction system
being added to an airframe-engine combination to the product of the
dynamic pressure of flight and a characteristic area of the induction
system. As indicated in the previous discussion, it is necessary to be
consistent in defining drag; the bracketed term of equation (7), the net
drag Dn, can be regarded as the drag force which is consistent with the
definition of net thrust Pn usually used in computing net propulsive
force Fp.. The bracketed term of equation (7), in the general case,
includes much more than the drag force of the air-induction system, for
the drag of basic body, wing, tail, etc., must, of course, be included
in the net propulsive force. However, for the present discussion, it
is assumed that only a scoop arrangement such as that of sketch (1) is
being considered. The force on the air-induction system is the pressure
and friction forces caused by adding the scoop to a basic body plus the
pressure integral on the free surface of the engine-flow streambtube minus
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the body forces acting on this streamtube.2 This difference of pressure
integral and body force has been called the "scoop incremental drag."
(See refs. 7 and 12.) In the present development, the ramp was considered
part of the air-induction system, and the force on it does not appear in
the scoop incremental drag. However, if a ramp (possibly because it is

a portion of a canopy) is considered not a part of the internal system,
but to contribute an extermal force, then the portion of it affecting

the engine flow must be included in Fp of the scoop incremental drag.
If the configuration has a nose inlet and there is no forebody acting on
the engine flow, then only the pressure integral from the inlet to the
free stream is effective; this force has been called the "additive drag.”
(See refs. T, 12, and 13.) The "external drag" of an air-induction
system is the sum of the pressure and viscous forces in the flight direc-
tion acting on the external surfaces of the air-induction system. Many
reports on inlets define "external drag" as the sum of external pressure,
friction, and scoop-incremental drag forces; to prevent confusion, this
sum is called "net drag" in the subsequent discussion.

MASS FLOW

The mass-flow ratio used to describe the flow through air-induction
systems is the mass of air that flows through an inlet divided by a

reference flow rate
JF pVdA
A

m:‘z ' —s (1k4)
et f oVdA
A

ref

(A discussion of mass-flow measurements is presented in Appendix B.)
Many choices of the reference can be made, each having some advantage
for particular conditions. In this report, two reference rates are
usually used: ’

1. The mass=flow ratio mg/mo is based on the reference Mo=poVoha
which can be readily determined. In subsonic, incompressible flow, mp/mg
reduces to inlet-velocity ratio Vo/V, which has often been used to
describe air-induction-system performance. This definition of mass=flow
ratio has the disadvantage that in supersonic flight it can be greater
than 1 if the inlet is located in a compression field whereas a definition
based on capture area has a meximum possible value of 1 if loecal flow

2As indicated perviously, if a boundary-layer bleed removes all the
boundary layer from the streamtube entering the inlet, the body viscous
force DVB is part of the external flow and must not be included in the
body force acting on the engine sgtreamtube.
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properties are used. However, in the general case, m, 1is easier to
evaluate than mc=LAc pVdA, and in subsonic flow both ratios can be greater
1

than 1. (See p. 4 for definition of capture area Acy.)

2. The mass~-flow ratio mzi/mzx* is used for the static condition
when Vo=0. This ratio is based on the flow rate for choked flow at
station 2'. The mass flow, mpt¥*, is equal to p*V*Aot where ¥ and V¥
are the density and velocity for flow at a Mach number of 1 at the pre-
scribed ambient pressure and temperature. This ratio has been found to
correlate data well, and it indicates how near the flow gquantity is to
the maximum possible. As will be shown later, it is a criterion of the
excellence of 1lip design for low-speed flight. For flight speeds other
than zero and for isentropic flow, the two definitions of mass-flow ratio
are related by the equation :

. o
mot Aot y -1l_ 2 2(y=-1)
0519 e 1 (2 13 °)
oo _ (15)
Mo Mo

Agk
which is plotted in figure 2 for o= 1.0. The choking limit for a
2

sharp lip inlet, from reference 14, is also shown in figure 2.

IIT. PRELIMINARY CONSIDERATIONS

ATRCRAFT REQUIREMENTS

As discussed in reference 15, aircraft requirements are the basis
for the choice of both airframe and engine. Since one of the considera=-
tions of airframe design is that of the induction system and since the
engine performance is affected by the internal aerodynamic problems of
induction, the considerations of the air-induction system enter into
the preliminary layout of aircraft; and they must be viewed from the
standpoint of the flight requirements. Aircraft range and endurance,
for instance, are dictated by fuel consumption, which is affected by the
drag and pressure recovery of the induction system. Similarly, take-off
distance, rate of climb, maneuvering accelerations, etc., depend upon
net propulsive force and hence on induction-system drag and pressure
recovery. Aside from these performance requirements that vary with air-
craft purpose, there are other, less tangible, requirements that must be
taken into account in any design. For example, safety, vulnerability,
and serviceability considerations affect engine location and thus the
type of air-induction system. The emphasis on any particular reguirement
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depends upon the intended mission. Thus, the design of an air-induction
system must be adapted by compromises to suit many requirements in
various degrees.

ATRFRAME-INDUCTION=-SYSTEM COMBINATION

To illustrate some of the problems encountered in fitting an induc~
tion system to an airframe and to introduce some of the types of inlets
that have been developed for various engine locations, the progression
of design problems with increasing size of alrplane is briefly discussed.
Current design practice for high-speed turbojet~powered aircraft can be
indicated by the following compilation:

. Fuselage length |Number of Inlet type and Duct length
Airplane Engine diameter| engines location Engine diameter
F-86F 1k 1 Fuselage open nose 5.5
F-86D 1k.5 1 Fuselage nose scoop 5.5
FUD-1 15 1 Wing root 4,51
F8U-1 16 1 Fuselage nose scoop 9
FTU-1 17 2 Fuselage side scoops 6
F-100 17 1 Fuselage open nose 9
F-8LE 17 1 Fuselage open nose 6
XF-104 18 1 Fuselage side scoops 5.7
XF-105 18 1 Extended wing root 7

F-89 20 2 Fuselage side scoops 2
FUD-2 20.5 1 Extended wing root 5
F-101 21.5 2 Wing root 3

B-5T7 22 2 Nacelles, open nose 1.5
A3D-1 23 2 Nacelles, open nose 1.5
F-102A ol 1 Fuselage side scoops 10t
X-3 30 2 Fuselage side scoops 3.5
B-47 40 6 Nacelles, open nose 1.5
B-52 Ll 8 Nacelles, open nose 1.5

iThese airplanes have two inlets for one engine, and the ratio of duct
length to engine diameter is for a reference diameter corresponding
to half the engine frontal area.

Airplane size relative to the engine is indicated by the ratio of fuselage
length to engine diameter. For small airplanes with one engine, in which
this ratio is less than 18, an inlet located in the fuselage nose or
underslung Jjust behind the nose has been used most frequently. From the
induction-system standpoint, such locations are desirable because the
problems associated with boundary layer flowing into the inlet are either
eliminated or minimized. The undersiung inlet, in addition, maintains
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performance at off-design positive angles of attack because the flow is
deflected into the inlet by the nose. As the ratio of fuselage~to-engine
size increases, or if nose volume is required for equipment, scoops further
back on the fuselage or wing-root inlets are used. From the induction
standpoint; an underslung scoop position is again desirable because of

.the off-design angle-of-attack performance and because the body boundary
layer is the thinnest on the windward side. This position has, however,
been avoided because of the possibility of foreign-object damage to engines
during run-up, taxiing, or take~off.® The wing-root inlet has a possible
advantage over scoops in that the portion of the inlet perimeter adjacent
to the body can be relatively short, thereby reducing the proportion of
body boundary layer flowing into the inlet. Furthermore, with multiple
engines the ducts can be short and the flow unimpeded by bends. For mid-
wing aircraft, the wing-root inlet is in a region of large induced flow
angles, both from the body and wing at subsonie speeds, so special pre-
cautions must be taken to insure adequate performance at off-design angles
of attack. For a high-wing airplane, a design problem of the wing-root
inlet at angle of attack is the thick boundary layer on the leeward side

of the body.

For aircraft of greater relative size (fuselage-length-to-engine-
dismeter ratio > 22) there are several possible locations with the choice
depending on many considerations. For engines clustered in the fuselage,
scoop inlets can be used; for engines in the wing-root or buried in the
wing, wing-root, wing-leading-edge, or, for very large aircraft, under-
slung wing scoops are possibilities. However, nacelles with a simple
nose inlet have been used most frequently. Such arrangements are desire
able from the air-induction standpoint because the ducts are short and
straight and the problems of aircraft-induction-system interference are
generally reduced.

ENGINE-INDUCTION-SYSTEM COMBINATION

The performance of a propulsive system depends not only on the
individual characteristics of the air-induction system and of the engine,

3The studies of references 16 and 17 indicate that the flow into an
airplane induction system can seldom lift damaging objects by itself. For
instance, an inlet whose center line is two inlet diameters above the
ground and through which the flow velocity is TOO feet per second cannot
piek up sand particles larger than about 0.02 inch in diameter unless a
vortex forms between the inlet and the ground. However, such a vortex
can form under the proper conditions, and if the damaging objects on the
ground are restrained laterally, as they would be if lodged in a crack in
a runway, the vortex will suck them into the engine; or, if objects which
can do damage (see ref. 18) are thrown into the air by some other means,
the engine can easily draw them into the inlet. Foreign-object damage to
engines is generally considered to be an operational problem, that is, one
of using screens, of policing ramps and runways and of proper taxiing pro-
cedures, rather than a factor affecting inlet location and airframe design.
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but also on the compatibility of these characteristics through the range
of flight conditions. This problem of compatibility arises because ram-
jet or turbojet engines require a specific schedule of air flow to achieve
rated thrust through the flight Mach number and altitude ranges. The
flow through a nonadjustable inlet combined with an engine varies with
flight conditions and deviates from the optimum conditions selected for
the critical design point. If the range of operating conditions is suf-
ficiently wide, the air-induction system is complicated by adjustments
that must be provided to maintain its performance near optimum.

The general problem of combining an air-induction system with an
engine can be divided into three parts: (1) matching, (2) optimization,
(3) evaluation. Matching is the determination of the mutually compatible
operating point for an engine and air-induction system at each flight
condition; it consists simply of relating the engine flow requirements
to the air-induction-system characteristics by means of the continuity
equation to determine inlet area or mass-flow ratio for prescribed operat-
ing conditions. Optimization is the determination of the matching con-
ditions for maximum net propulsive force or minimum specific fuel con-
sumption. This can consist of the calculation of the optimum inlet area
or mass~flow ratio for fixed systems or of the proper variation of inlet
dimensions for variable systems. The two problems, matching and optimi-
zation, are presented in some detail in the following discussion. Evalu-
ation is the comparison of several possible propulsive systems on an
airframe to determine the best system for a certain mission. Evaluations
can involve many considerations in addition to those of aerodynamics,
such as structure, weight, mechanical complexity, etc. However, by
restricting the propulsion~system variables to net propulsive force and
fuel consumption for prescribed flight plans, many valuable results can
be obtained from an evaluation study. For example, Fradenburgh and
Kremzier in reference 19 describe an evaluation of the effects of various
propulsive systems on aircraft range. Another approach, which is similar
to that used by Woodworth and Kelber in comparing jet engines (ref. 20),
is to determine the allowable welghts for the installation of each of
several air-induction systems on an airframe having a prescribed range.
Such an evaluation provides the designer with the information necessary
to select possible mechanical arrangements. These studies are part of
the general problem of power-plant-aircraft optimization discussed in
reference 15.

MATCHING

The problem of matching an air~induction system and an engine requires
knowledge of the performance characteristics of each, and the problem of
optimizing the design for a special airplane requires knowledge of the
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characteristics through a wide range of flight conditions.® These char-
acteristics are determined by analysis and tests, but since in the pre-
liminary stages the air-induction system has not yet been designed, its
performance must be assumed from past experience or by determining what
performance is necessary and then striving to design and develop an
arrangement that will accomplish the goal.

To illustrate a method for matching a turbojet engine and an air-
induction=-system combination, the variation of corrected weight flow of
air for an engine (Wao=Wa6/8) as a function of Mach number and the vari-
ation of the pressure recovery of the air-induction system with mass-
flow ratio as shown in sketch (2) are assumed to be known.

n,h Mo, a,8,A, /A,
Mo my/m,

Sketch (2)

For a complete analysis, this information must be available for each
parameter indicated on the sketch; that is, the flow variation must be
known for the expected range of engine rotational speed n and of flight
altitude h. The induction=~system variation must be known for the Mach
number Mo, angle-of-attack o, and angle-of-sideslip B ranges, and
possibly for a range of the ratio of inlet area to body frontal area
Ag/AM, although in the usual case changes in this ratio are small and
their effects are negligible. Transposing the continuity equation

PoVoho = p2VahAz = paVahs

(assuming uniform flow at all stations) into engine-inlet terminology by

“4See reference 21 for a discussion of engine performance parameters;
reference 22 for an analysis of turbojet-engine-inlet matching; refer-
ences 8, 23, and 24 for relationships between engine and induction-system
performance and methods of determining optlmum,performance conditions;
and references 25 and 26 for studies of the penalties associated with
mismatching.
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defining ®=p,/Pgy, B0 =D, /Pgr, and NO= N Tt/ TS,

me _ paVala  Ag
oo  poVohz As
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Wa,‘\/_e. ’P-ta . a no Mo
hzb Pr, | OPSLASL g 741
-1 -
<% + 7 h&f{>2(7 1)
— 2 e
M
m- O
= 85.h4 o = (16)
(1 + 0.24,3)
when
¥ 1.4
g 32.17 £t/sec®
Par, 0.002376 slugs/ft°>
aSL 11_17 ft/sec

This relationship can be represented graphically so that from the known
engine and air-induction system characteristics the inlet area required
to match the engine at the selected induction-system conditions can be
readily determined as illustrated in figure 3. Thus, for a given flight
condition of Mach number and altitude (sketch (2)), a mass-flow ratio

is selected and the corresponding pressure ratio determined from the
air-induction-system performance data; the corrected engine weight flow
is determined from the engine curve; and the proper inlet area is deter-
mined by the intersection of the corresponding horizontal and vertical
lines in the third quadrant of figure 3. This inlet area furnishes the
engine the proper volume rate of flow at the chosen mass-flow ratio, but,
this is, of course, not necessarily the mass-~flow ratio that produces
the maximum net propulsive force or the minimum fuel consumption.

A similar method can also be used to study matching at static con-
ditions where the mass-flow ratio mg/mo has no significance. Defining
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inlet Mach number Ms? as that which would exist if the flow to station
2 were isentropic,® '

Wa’\/é ‘p‘ts - 859}'3‘42’ (17)
A28 Pty (1 + 0.2Mp'2)° ‘

This equation corresponds to equation (16) if mp/mg=1 and Ms' is sub-
stituted for Mgo. With these changes, figure 3 can be adapted to static
conditions. Information on Pts/Pto as a function of mg/mg* can be

converted to a function of Mg' by the relation

D2 708" (1 + 0.2Mp'3) (18)
m2*

and this variation together with the known engine characteristics can be
used to determine the inlet area required to match the engine or the
penalties resulting from mismatching.

OPTIMIZATION

To determine the inlet areas for maximum net propulsive force over
a range of flight conditions, the net thrust of the engine Fp, the cor-
rect}on to engine net thrust due to pressure losses upstream of the engine
AFy/Fn '

APts/Ptg
shown in the following sketch, must be known:

(see ref. 24) and the net drag of the air-induction system, as

Fn (65}

mhﬂjﬁé
n,h } Pro Mo.a,B,A,7A
Mo MO mz / mo
Sketch (3)

SA prime symbol is used here with Mz to indicate that the number
represents a fictitious condition and is used only for convenience. As
will be shown later, the flow through inlets with practical 1lip shapes
is not isentropic at take-off.
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Then, for the conditions for which Ap was calculated to match the engine,
the net propulsive force can be determined as

Fn, = Fn = &Fn - D (19)

The optimum inlet areas for a Mach number range at a constant altitude,
engine speed, and airplane attitude are determined by curves of net
propulsive force as a function of inlet area as shown in the following
sketch:

i
optlmum MO

p

nshvaJB7A2/AM

Az
Sketech (&)

Such curves provide the information required in final evaluation, that

is, the penalties in net propulsive force that would result from flight
with a constant inlet area or any other deviation from the ideal varisble-
area system that might be required by mechanical, structural, or flight
considerations. Of course, to optimize for a prescribed mission the

other variables, such as altitude and angle of attack, must be taken into
account. '

Maximum net propulsive force is importent, but it is not always the
critical design consideration. For instance, with long-range aircraft
the fuel consumption per pound of net thrust might be more important.
The procedure for optimizing this parameter is similar to that just
described; fuel flow rates corresponding to the calculated net propulsive
forces are determined from engine performance curves, and the ratio
Wf/Fn is plotted as a function of inlet area for the range of flight
conditions to determine the optimums. The inlet area for minimum specific
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fuel consumption is, in general, different from that for maximum net
propulsive force, but for a well-designed air-induction system the dif-
ference, which depends on the difference in the mass-flow ratio for maxi-
mum pressure recovery and for minimum net drag, is usually small. The
importance of this difference depends on the intended mission.

FLOW UNIFORMITY AND STEADINESS®

Another problem of the engine-induction-system combination is the
uniformity and steadiness of the flow that the air-induction system pre-
sents to the engine and the effects of irregularities on engine perform-
ance. Irregularities in pressure at the face of a compressor, particularly
an axial~-flow compressor, can reduce engine performance and cause vibra-
tion; pressure pulses or fluctuating flow angles can cause structural
Tailure of compressor blades. Tolerances in flow uniformity have been
suggested by Greatrex (ref. 27), but steadiness tolerances have not been
established (see ref. 28). The indications are that these tolerances
depend upon individual engine design. Conrad and Sobolewski (ref. 29)
found that flow nonuniformity that was once thought to be unacceptable
had no large effect on the engine which they tested; however, the tests )
of reference 30 with a different engine showed large reductions in per- b////
formance. 1In the investigation of flow steadiness reported in refer-
ence 31, it was found that, although the induction system by itself pro-
duced unsteady flow, operation with a turbojet engine had a large
attenuating effect.

Differences between engines in response to flow nonuniformity can
often be explained by the fact that a compressor with a large pressure
rise across the first stage has blades operating at high 1ift coefficients,
and irregularities in the entering flow readily cause stall. A first
stage with smaller loading can reach local stalled conditions only if the
entering flow iIs more irregular. An induction system with flow nonuni-
formity sufficient to stall one or more blades leads to the phenocmenon
called "rotating stall" of the compressor with ensuing reduction in engine
performance (thrust, allowable fuel consumption, and acceleration margin)
and large vibratory stresses in the blades. (See, e.g., refs. 32, 33,

34, and 35.) Since the trend in the design of compressors for the engines
of supersonic aircraft is toward larger flow rates and pressure ratios
and toward lighter specific weight, blades are being made longer and
thinner, with the result that the induction=-system problems of flow

©®In this report, a distinction is made between the problems of flow
stability and steadiness which has often not been made in the past. By
stability is meant the property of flow which enables it to return to an
original steady condition after being disturbed; thus, a normal shock
wave 1s unstable in a converging channel because it can exist in a steady
condition only upstream of the inlet or downstream of the throat. By
steadiness is meant the quality of the flow in regard to velocity or pres-
sure fluctuations.
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uniformity and steadiness are becoming more critical because of the greater
likelihood of rotating stall and of structural failure. Even if a com~
pressor is designed to avoid rotating stall, the effect of intake flow
distortion is to move the compressor surge line to higher corrected
weilght flows, and thus toward the operating line, with an ensuing decrease
in the operating range possible with the engine, Also, the results of
reference 35 indicate that nonuniformity of the flow from the induction
system can cause nonuniformity in the temperature distribution at the
turbine entry with subsequent turbine failure. With ram-jet engines,
adverse effects also result from irregular flow from the air-induction
system. Reference 36 reports large losses in combustion efficiency on
account of variations in velocity profile at a burner, and references 37
and 38_ShOW‘that pressure pulsations must be avoided.

Flow uniformity is related to the problem of engine location. Such
factors as the induced effects of other aircraft components and the length
and path of ducts must be considered in preliminary design to produce an
air-induction system with uniform flow at the engine face. ©Steadiness
of the engine flow, particularly in supersonic flight, is affected by the
operating mass-flow ratio of the induction system. In general, unsteady
flow results from operation at low mass-flow ratios, and the associated
pulsations can be violent. For safety, the flow must be steady from the
operating speed to the windmilling speed of the engine, and a variable
inlet area or an air bypass may be necessary to maintain high inlet
mass~-flow ratios. Considerations of these problems in relation to inlet
design are discussed subsequently.

IV. DETATL, CONSIDERATIONS

TINDUCTION

The purpose of this section is to discuss the pressure recovery,
drag, flow uniformity, and flow steadiness of air-induction systems with-
out describing in any detail considerations of other aircraft components.
These latter factors are discussed later under the heading INTERFERENCE.
The flow inside ducts can be treated independently of the flight Mach
number, and this subJject is presented first under the heading PRESSURE
RECOVERY AND FLOW UNIFORMITY. In general, the problems of conducting
air to an engine are described at subsonic and supersonic speeds to a
Mach number of 2.

It should be mentioned at the outset that insufficient theoretical
and experimental information is available to predict accurately the per-
formance of practical air-induction systems through all the possible
combinations and ranges of the many pertinent variables. For all but the
simplest cases, refined design must depend upon test observations. The
purpose here is to discuss what is known of basic design principles.
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PRESSURE RECOVERY AND FLOW UNIFORMITY

The design objective in regard to pressure recovery is to provide
a passage by which the air required for best operation can flow to an
engine with the least pumping power requirement at zero flight speed and
by which the compression available from the kinetic energy of flight can
be utilized to the maximum extent. The compression of more alr per unit
of engine intake area permits more fuel to be burned for the same limiting
temperature with a resulting increase in the specific thrust for a smaller
specific fuel consumption. In other words, as shown by equations (11)
and (12), the total-pressure ratio must be high, for losses affect thrust
in more than a l:1 ratio. The problem of flow uniformity is discussed
together with pressure recovery in this section because the two problems
are closely allied.

Ducts

There is no general method for designing the ducts of practical air-
induction systems because the flow in the usual case is viscous, com~
pressible, and three-dimensional. A summary of present knowledge of duct
flow is presented here to develop empirical design rules. The two pri-
mary geometric factors which are of concern are the inlet-to-engine-face
area ratio and the duct path. The area ratio is determined by the selected
design conditions, and the duct path, or the length and offsets, is deter-
mined by the aircraft configuration and the necessity for avoiding pres-
sure losses. The aerodynamic factors of concern are the initial flow
distribution and the conditions which cause pressure losses and nonuni-
formity in the flow. The problem is to determine from consideration of
these factors the shape of duct that produces the best operating conditions
for the engine with the least cost in weight and complexity to the air-
frame. '

Area ratio.- In regard to the area ratio between the inlet and the
engine face, by assuming uniform, adiabatic flow of a perfect gas and
using the continuity equation, it can be shown that (assuming As=Aot)

Y41

2(7y~1
o 2(7)
5 Mo

Bz " Tmo/mg M, y - 1.2
1+ 5 Mg

AZ pts/pto MS 1+
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Thus, for a given area Az at the engine face, the inlet area Ao
increases as the total-pressure ratio and engine intake Mach number, but
it decreases with increasing mass-flow ratio. Other factors being con-
stant, Ao is a minimum at a flight Mach number of 1.0. For present-day
turbojet engines in flight from sea level into the stratosphere at Mach
numbers from O to 2.0, Mg 1is in the range from O.4 to 0.6; thus the area
ratio for an efficient air-induction system is between 0.7 and 0.9; and,
for greater engine-intake Mach numbers which can be expected in the
future, the ratio is more nearly 1. In other words, the change in area
between inlet and engine face is relatively small and short ducts can be
used without requiring large divergence of the flow. However, in the
case of a ram-jet engine with the Mach number at the burner about 0.2,
the area of the inlet must be about half of that for a turbojet engine,
and the duct problem is more difficult.

Skin-friction losses.~ In regard to the duct path, consider first a
straight duct with no initial boundary layer. The boundary layer in the
usual case is nearly all turbulent and the flow is subsonicj; so, as long
as the walls are relatively smooth and the length is short enough so that
pipe flow does not develop (less than sbout 20 inlet diameters, see
ref. 39), the skin friction can be estimated with sufficient accuracy
from the formula

Ce = 0.0T4/TR (21)

(see, e. g., refs. 40 and 41) where

Cr = 1/aS
T shearing force
q dynamic pressure
S wetted area
R Reynolds number based on average flow properties in duct and on

duct length 1

The decrease in skin-friction coefficient with Mach number (ref. 42) and
with positive pressure gradient (ref. 43) need not be taken into account
in most cases because the effect of the former is small and neglect of
the latter produces a conservative estimate.

Beeton in reference 44 assumes one-dimensional compressible flow
and no change in skin-friction coefficient with duct length in calculating
the total-pressure ratios resulting from skin-friction losses in circular
ducts with conical divergence. Two of the curves from this refgfggce
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are reproduced i igure h;i)similar curves can be calculated by the
method of reference 45. Beeton shows that for the severe condition of
Asz/Apt=1.2, Mp1=0.8, and (1/daxCr/0.003)=10 the total pressure ratio is
0.96. Since the loss in total pressure in this case is nearly propor-
tional to the duct length, it is evident that here a shorter duct is
desirable and that losses due to skin friction can be sizable. (Refs. 25
and 46 show that the incremental loss of turbojet-engine thrust AFp/Fp
per unit decrease in total-pressure ratio is in the range of 1.2 to 1.5
for the flight conditions under discussion.) For long-range, subsonic
aircraft, internal skin-friction losses must be minimized, and duct length
requires careful consideration. If this duct were on a supersonic air-
plane with a very efficient method of external compression (Mst—>1.0),
the high inlet velocity and the resulting duct losses would counteract
the nearly isentropic inlet flow, for the total-pressure ratio would be
reduced to 0.95 by the greater internal skin friction. However, in the
usual case of a supersonic design in which the duct is shorter and exter-
nal compression occurs through shock waves, skin friction is a small
portion of the total loss. The main concern in duct design is a shape
that avoids separation and maintains uniform flow.®

Flow separation.~ The problem of avoiding separation depends upon
initial flow conditions and duct shape. For high-speed aircraft with
efficient air-induction systems, the inlet Mach number is in the high
subsonic range, for if the flow is uniform

y+1
1 . 2(y-1)
pts A3 1+ 4 Mzt ( )
Mgt = 'Ma = 22
Pyt As 142 = 1 Mg

and with y=l.h4, py /Py, 2 1.0 and Ag/Ap1=1.2, Mp1=1.0 when Mz=0.6; or

7Since the variation of total-pressure ratio with the parameter
Z/dstf/0.003 is linear to the extent required by the accuracy of duct-
design considerations from values of 2 to 10, the range of interest, only
curves for values of 4 and 8 have been reproduced. Total-pressure ratios
for other conditions can be obtained with sufficient accuracy by interpo-
lation or extrapolation.

8areatrex in reference 27 suggests that the ratio of the maximum-to-
average engine intake velocity VM/V be used as a criterion for flow
uniformity, and the examples presented indicate that this ratio should be
less than about 1.2 for satisfactory engine operation. For fully developed
pipe flow with a 1/7-power velocity profile, VM/V=1.23. Since the ducts
of the air-inductioh systems for aircraft are seldom, if ever, long enough
for pipe flow to develop, it is evident that skin friction by itself is
not sufficient, in the usual case, to cause serious nonuniformity.
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M21=0.T7 when Msz=0.5. Such a high subsonic Mach number at the inlet makes
the design of the upstream section of a duct critical because, assuming
one-dimensional flow

- -
7pM »
@ © aM (23)
dx 2y=-1 |dx
- 1 Vel
<? + Z~§—— M2> 7ot

or assuming isentropic flow from the free stream to a local station in
the duct entry, Pt=Ptys and

y -1 2\ -1
TPo{l + =5 Mo M
EE_: - a (2k4)
dx 1 27=1 dx
- 2O\ Vel
. (? + A ) M 7
- pe

For a given local total pressure, or flight altitude and Mach number in
the second case, the bracketed term of these equations has a maximum
value at a local Mach number of 0.79 and changes little from M=0.6 to
1.0. As a result, deceleration of flow in this range causes the most
severe positive pressure gradients per unit of Mach number change, and
the effect is aggravated by low-altitude flight at high Mach number.
Since deceleration is produced by an expanding channel in subsonic flow,
the initial portion of a duect must diverge slowly to avoid pressure
gradients which separate the boundary layer.

With many induction systems, boundary layer from flow over surfaces
upstream of the inlet enters the duct. In this case, the duct shape
depends critically on the initial boundary-layer conditions because the
pressure gradient that a boundary layer can withstand without separation
decreases as the boundary-layer shape parameter H increases.® The
shape parameter is increased when the boundary layer flows through adverse
pressure gradients and over rough surfaces.

9H=6*/9=d1splacement thickness/momentum thickness. This ratio is a
measure of the shape of the boundary-layer profile and is useful for
indicating incipient separation. Reference 47 shows that separation does
not occur in incompressible, two-dimensional flow if H<1.8, and refer-
ence 48 similarly shows that the criterion is valid for conleal-dlffuser
flow,.
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Design.- Together with area ratio, length, initial Mach number, and
initial boundary layer, the internal contours of ducts require careful
consideration. The factors to be considered in axially symmetric straight
ducts are shown in sketch (5). Many ducts also include some offset of
the center line from entrance to exit, transitions in cross-section shape,
and Jjunctures between ducts. Since turbulent boundary-layer theory is not

e
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|.Entry length
2.Initial siope
3.Maximum slope
4. Final slope

Sketech (5)

yet sufficiently refined to provide, even for simple cases, a method by
which an optimum diffuser can be determined (see refs. 43 and 49), the
qualitative indications of many experiments must be utilized in design.

In regard to entry length, a section of nearly constant duct area is
necessary to provide for reattachment of the flow for flight conditions
in which separation occurs in the inlet. The data of Seddon (ref. 28)
for zero flight speed indicate that for normal lip shapes,; an entry length
of possibly one inlet radius is desirable. For engine installations in
supersonic aircraft, the data of references 50 and 51 show that entry
lengths of six inlet radii provide a relatively wide range of mass-flow
ratios in which engine flow is steady. Also, the studies of shock-wave
stability of Kantrowitz (ref. 52) show that a constant-area section is
desirable to prevent downstream pressure pulsations from forcing a termi-
nal normal shock wave out of an inlet. (These considerations are further

, the duct walls must diverge slightly to provide a con-
stant effective area. Study of duct data in which the boundary-layer
displacement thickness was measured, such as references 48 and 55, indi-
cates that an axially symmetric entry section should diverge at a half-
angle of from 0.5° to 1°. (This range of incremental divergence angle
also appears to be satisfactory for boundary-layer compensation in the
initial, maximum, and exit slope regions when the boundary layer is not
separated, i.e., H<1.8.)
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In regard to initial slope, equation (23) indicates that to minimize
adverse pressure gradients at high inlet Mach numbers the slope should be
small and the change of curvature should be continuous. The need for such
limitations is indicated by Naumann, reference 56 and is illustrated by
the data of references 48, 55, and 57.10 These data show that the abrupt
expansion where a 10° or 12° conical diffuser is attached to a straight
pipe causes nonuniformity, sppreciable losses in pressure recovery, and
some reduction in the maximum mass flow when the approach Mach number
exceeds 0.7 to 0.8.

In regard to maximum slope, it determines the shortest duct which
can be used without auxiliary methods of suppressing separation, such as
those of references 58 and 59. As the local Mach number decreases from
the throat along the length of a diffuser, the walls can diverge at an
increasing rate without an increase in local pressure gradient. Thus,

a maximum slope exists which depends upon the initial Mach number and the
initial boundary-layer profile. The available experimental evidence,
such as references 48, 55, 56, 57, and 60 through 62 for conical diffusers,
indicates that the maximum included divergence angle is in the range from
69 to 150 with the largest angle being used only with thin initial boundary
layers.

In regard to final slope, the theoretical studies of references 47
and 63 and the experiments of references 48, 55, and 57 show that for
minimum-length diffusers having As/A2’>2.O this slope should be less
than the maximum slope to avoid separation when the initial boundary layer
is thin. All of these studies were made with conical diffusers; the fact
that the final slope should have been less than the maximum slope is
indicated by the measurements of the final profile which, at high values
of Mot, had H>> 1.8, If the initial boundary layer is thick, the
maximum slope cannot be large; in fact, the two slopes become equal. The
data indicate that a 3° final divergence angle on a wall, or a 6° included
angle, should be used with both thick and thin initial boundary layers.

These qualitative considerations indicate that for thick initial
boundary layers and high initial Mach numbers, a diffusing straight duct
should have a faired entry section and a conical diffuser of included
angle no greater than 8° (6° included angle plus a maximum of 2° for
boundary-layer compensation). For other conditions, fair duct shapes
which satisfy these considerations can be conveniently expressed as

10The data on conical diffusers from these references were analyzed
to determine desirable duct shapes by selecting longitudinal pressure
distributions for which H= 1.8, and then calculating new duct shapes
from one-dimensional relationships for this pressure distribution and
values of Mzt approaching 1. The resulting calculated shapes all have
small initial slopes because, as shown by equation (23), the Mach number
gradient (i.e., the slope of the wall) must decrease to maintain a
constant initial pressure gradient with increasing local Mach number.
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exponential functions of the duct axial coordinate. Tests were made of

a family of such diffusers with a ratio of throat area to exit area of

1 to 2 and a variation of the ratio of duct length to throat diameter of

from 2 to 5. Tests were made with both separated and attached initial

boundary layers at mass-flow ratios up to the maximum, and the results

are reported in reference 64. Data

from these and other tests are com- _(f—f""““’“m‘“““\- /
pared in sketch (6)* for the condi- R Bredictions by method of ref. 44 ;
tion of an attached initial boundary ~ -Q Conical, ref. 56 | ><
layer. It is apparent that, for this —rl C°"'°rg'f‘6°4~’— X
comparison, the ratio of initial 135°-0, ref. 64

boundary-layer thickness to throat
radius has a larger effect on pressure
recovery than does diffuser shape.

The measurements of reference 64 show
that the important effect of duct shape
is on flow uniformity and steadiness,
for the uniformity ratio Vy/V varied
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t U

in total-pressure ratio by only 0.02 Boundary-layer thickness ratio, (8/r),

in tests with a thin initial boundary Sketch (6)

layer ((6/r)=t =0.0014) and a high
initial Mach number (Ma! % 0.85).
Furthermore, two ducts having nearly 100
equal wniformity and pressure recovery
differed by a large amount in the
quality of flow steadiness at high
inlet Mach numbers. The comparison
of’ pressure recovery predicted by
the method of reference 4l with the
experimental measurements of sketch (6)
shows that the prediction is only
accurate when the initial boundary-
layer thickness is very small. If it
is not small, the effective skin-
friction coefficient is larger than
that indicated by equation (21) and
experiments are necessary for accurate
loss predictions. (The data for
sketch (6), and also (7), were cal- 0O 02 04 06 08 10
culated according to the mass-derived Displacement thickness ratio,(87r),:
method; see Appendix B. The magnitude
of the difference between experiment
and theory depends upon which method
of data reduction is used; the

11The ducts of reference 64 are designated by numbers which indicate
the maximum slope in terms of included angle and the length of entry sec-
tion in terms of inlet radius. Thus, 8° conical -0.5 indicates a conical
divergence of 8 and an exponentially faired entry section of 0.5 inlet
radius in length.
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difference shown in sketch (6) would be smaller if the data had been
reduced by the mass-flow weighting method.)

Sketeh {7) shows the results of tests reported in reference 64 for
three ducts with separated initial boundary layers. The data show that
an extended entry section increases the skin-friction losses when the
initial boundary layer is unseparated; therefore, if separation in the
entering flow can be avoided, a long entry is undesirable. However, with
initial separation which, as will be discussed later, can occur in low-
speed flight at high mass-flow ratios or in high-speed flight at low mass-
flow ratios, some entry length improves duct performance because it gives
the boundary layer an opportunity to reattach. The fact that the pressure
recovery can be higher for the long duct with the separated boundary layer
than with the unseparated profile indicates that reattachment occurred
after relatively extensive separation and that the small skin-friction
force in the region of separation reduced the over-all losses. In regard
to flow uniformity, the results of reference 64 show that for short ducts
the flow is more uniform if the initial boundary layer is attached rather
than separated. For a given initial profile of the separated type, the
final uniformity is improved if the duct is made longer. .

Reference 64 reports tests which were intended to investigate to some
extent the manufacturing tolerances required in duct construction. Meas=
urements were made with a duct having different degrees of surface rough-
ness, waviness, and leakage. It was found that roughness caused by
scratching the surfaces with coarse sandpaper or by putting discrete steps
in the duct walls, as could occur with joints that are not flush, had no
effect on the diffused flow. The maximum magnitude of the roughness was
about 0.7 the momentum thickness of the boundary layer at the duct throat.
The maximum waviness tested was similar to that which would occur because
of pressure loads in highe-speed flight; circumferential stiffeners were
assumed to be 0,6rst apart, and the deflection was varied up to 19 times
the momentum thickness, or 1.5 times the boundary-layer thickness, at the
duct throat. For mass-flow ratios mot/mpot* below 0.85, even the meximum
waviness tested had a negligible effect on the final flow. At greater
mass=flow ratios, the maximum waviness reduced the pressure recovery,
uniformity, and steadiness only slightly. Leakage, as might occur through
joints in duct walls during high mass-flow operation in run-up on take=~off,
was found to have negligible effects when the leaks were in the low=-
velocity region of a duct. However, leakage near the duct inlet caused
separation with ensuing sizable pressure losses and flow nonuniformity.

The internal-flow systems of most aircraft have some offset between
the inlet and the exit, transitions in cross~section shape, and junctures
with other ducts, all of which can cause losses in pressure recovery.

The general problem in the design of these elements is the same as that of
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a subsonic diffuser, that is, the prevention of local separation and
reduction of skin friction.'® One design feature that has always been
beneficial is the use of generous fillets to avoid angled corners. (See
refs. 67 and 68.) However, since the factors which cause pressure losses
differ with each duct configuration, it is difficult to apply accurately
general design information. The data of references 28, 60, 61, 69, and
70 indicate the trends to be expected. The magnitude of the total-presure
losses in s-bends is demonstrated by the tests of reference Tl. Rela-
tively short ducts (1/rs = 4.0) with several inlet cross-section shapes
and a circular exit were tested at a Mach number of 1.9. The inlet had

a wedge-shaped external-compression surface and the exit center line of
the duct was offset 1.5 exit radii, rg, from the inlet center line. The
maximum total-pressure ratios measured with the ducts were of the order
of 6 percent less than those measured with a straight duct. Reducing

the mass-flow ratio decreased this difference to about 3 percent, a fact
which indicates the dependence of duct losses on inlet Mach number.
Although the total-pressure losses could be reduced by reducing mass-flow
ratio, the exit velocity distributions show considerable nonuniformity
for these conditions. Tests with offsets of one and two inlet radii
reported in reference 64 indicate similar results. The center lines of
these offsets were smooth curves similar to those of the duct-wall con-
tours. At a mass-flow ratio of 0.9 with a thin initial boundary layer,
the l-radius offset reduced the total-pressure ratio 3 percent from that
of a straight duct, and the 2-radii offset reduced it 6 percent. The
steadiness and uniformity qualities of the flow decreased in a correspond-
ing manner. For example, with the thin initial boundary layer, the maxi-
mum mass-flow ratio for steady flow was about 0.9 for the straight duct
and O.7 for the duct with the 2-radii offset. A fourfold increase in

the initial boundary-layer thickness reduced the latter mass-flow ratio
to 0.4. It is apparent that deviating from the optimum aerodynamic design
of a duct can have serious consequences.

Subsonic Flight

Since in subsonic flow, pressure losses and nonuniformity result
from skin friction, separation, and entering flow that is asymmetric with
respect to the inlet, the induction~system design problems in subsonic

12The design principles for annular subsonic diffusers are like
those of diffusers, without center bodies, but the annular type; having
more wetted area, has larger frictional pressure losses. Studies of z////’
annular diffusers are reported in references 65 and 60. “
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flight are to provide conditions that avoid or minimize these factors.
‘Bkin friction and internal separation are problems of duct design; the

problems of separation in the inlet and symmetry are discussed in this
section,

To illustrate the conditions which lead to the principal separation
problem of inlet design in subsonic flight, sketch (8) shows a typical
curve of the air requirements of a turbojet engine in terms of the free-
stream area of the engine-air streamtube Ay as a function of flight

12
—————— Sea level
Stratosphere
Flight schedule
{0]

Free-stream-tube areq, A, sq ft
)

. /—Cruise _p:::’

¢]
1o

10
9
8

2

0 4 8 12 16 20

Mach number, M,

Sketch (8)'

Mach number. It is here assumed that the airplane accelerates at sea
level to a Mach number of 0.8, climbs at this Mach number to altitude,
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and then accelerates from this cruise condition to a Mach number of 2.

The air requirement is not only a function of My, but also of total-
pressure ratio and altitude, as shown, and of engine design and power
setting. Since cruising flight is usually an important design condition,
the inlet area A, must be selected to produce efficient cruise perform-
ance, and this, for high-speed aircraft, is generally at a relatively high
mass-flow ratio, above about 0.8. The choice of this mass-flow ratio is

a compromise between requirements for other flight conditions and the
conflicting interests of the internal and extermal flows. A low mass-flow
ratio (mp/mo=Ao/As << 1), that is, a diverging streamtube ahead of the
inlet, is desirable to the internal flow because then most of the kinetic
compression upstream of the engine, being in the external stream, is
isentropic if there is no interference with a boundary layer; and, since
the inlet velocity is low, internal skin-friction losses are minimized.

On the other hand, a mass-flow ratio greater than 0.6, at least, is desir-
able to the extermal flow for two reasons: (1) External compression can
thicken or separate the boundary layer on an upstream surface which is

in the interference field of the engine flow; (2) a diverging streamtube
subjects the inlet 1lips to large flow angles which can result in an
increase in external drag because of wave drag due to local supersonic
flow or because of skin friction due to immediate boundary-layer transi-
tion. In any event, the sketch shows that choice of an inlet area for

the cruise condition produces an inlet much smaller than the area Ag

of low flight speeds. Consequently, at low speeds the mass-flow ratio is
high and the flow converges toward the inlet (Ao/Ag >> 1.0) at large angles
which can cause internal separation, low total-pressure ratios, and flow
nonuniformity unless special precautions are taken. If the critical
design condition is flight at a Mach number of 2 rather than subsonic
cruise, the situation at low flight speeds is worse unless the inlet area
can be varied with speed. The area that takes in the required air is even
smaller at this high speed, and also little fairing of the lip profile is
possible because it must be thin to minimize the wave drag of supersonic
flight.

From this, it is evident that the principal problem of inlet design
in subsonic flow is to select a lip shape and a varistion of mass-flow
ratio that avoids internal-flow separation at low speeds and detrimental
disturbances in the external flow at high speeds. Of course, there is
the limitation that the inlet area must not be chosen to be so small that
it chokes at a low flight speed, for then the flow to the engine suffers
large pressure losses and is nonuniform and unsteady. The conditions in
which a Mach number of 1.0 can be reached in an inlet with a sharp lip
in wniform flow are shown in figure 2.

Lip desigh.~ The importance of lip shape to pressure recovery in sub-
sonic flight can be seen from the analysis of Fradenburgh and Wyatt
(ref. 14)., The extreme case of a tube having very thin walls was studied
by momentum methods, and the predicted variation of total-pressure ratio
ptg/pto with mass-flow ratio for various flight Mach numbers is reproduced
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in sketch (9). (Losses in the duct behind the inlet can be added to these
total-pressure ratios to determine the pressure at an engine face Ptge

At high mass-flow ratios when the 1ip is stalled the duct losses are
small relative to those due to flow separation at the lip and are seldom
known.) If the inlet area is selected for the altitude cruise condition
and information similar to that of sketch (9) shows that the mass-flow
ratio mp/mp* is about 0.7 in take-off, the total-pressure ratio ptZ/Pto
at the inlet is then less than 0.9. Such pressure losses correspond to a
15- to 20-percent loss in engine thrust which, of course, represents a
serious limitation on the acceleration characteristics of an airplane.

The flow nonuniformity which accompanies the total-pressure losses can
even further limit engine operation. If a smaller inlet area were chosen
to suit more closely the requirements of supersonic or low-altitude high~-
speed flight, the losses would be even greater. On the other hand, the
effects of increasing flight speed are rapidly alleviating.

These large pressure losses at low speeds that result from a sharp
lip can be avoided by several methods. A curved internal 1lip profile
which the flow can follow prevents separation and the attendant nonuni-
formity at high mass-flow ratios, or, for a given lip profile, the losses
can be reduced by decreasing the mass-flow ratio either by increasing the
inlet area or by taking air in through another inlet. Tests of 1lip
profiles on circular nose inlets at low speeds are reported in refer-
ences T2 to 75. Some of the results, in terms of pts/pto, are presented
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in figure 5 and are compared with the prediction of Ptg/Pto for the

thin 1ip of sketch (9). Duct losses have not been subtracted from the
theoretical prediction because a wide variety of duct designs are compared,
and, in most cases, duct losses by themselves were not measured. For the
cases in which smooth, nearly straight ducts were tested, the agreement
between Ptg/Pto and. Ptg/pto is good at zero forward speed. However,

the losses for the conical-shock inlet from reference 14 are considerably
greater than the prediction, presumably because of the duct which was used
in this particular test. The scatter of data at the maximum mass-flow
ratio is considerable, and a large part of it is undoubtedly due to
inaccuracies in total-pressure measurement. Blackaby and Watson (ref. T72)
point out that near choking the flow through ducts is very unsteady, and,
as mentioned in Appendix B, measurements of pressure recovery by normal
methods under these conditions are not reliable. The data on the F-84F
and F-100 airplanes are from full-scale tests. The fact that they cor-
relate with the data from model tests indicate that the effects of scale
are small., Also, since the predictions of the momentum analysis which
have no relation to scale agree so well with experiment, negligible scale
effects in regard to lip losses are to0 be expected.

The tests of reference T3 indicate that for a reasonable variation
of shape external 1lip profile has practically no effect on internal flow.
At zero flight speed, the data of reference T2 show that pressure recovery
is not highly sensitive to internal profile, for there was little difference
between elliptical and circular shapes. However, as shown in figure 5,
internal 1lip profile is important at higher flight speeds, for the ellip-
tical shapes are better than the circular ones. At the flight Mach number
of this figure, 0.33, a sharp lip causes relatively large losses at high
mass~-flow ratios, as at zero forward speed; but, in this case, the pre-
diction of pt,/pt, is greater than the measurement of Dpig/Pt, by 1 to

2 percent, whercas at zero forward speed there was no difference between
theory and experiment for high mass-flow ratios. The desirability of the
elliptical profile is further substantiated by the recommendations of
Pendley, Milillo, and Fleming (ref. 76). An elliptical internal shape
was selected for this investigation from previous experience, and it was
found that the profile resulted in high total-pressure ratios for a nose
inlet at zero angle of attack in the Mach number range from 0.6 to 1.1.
At these flight speeds, the mass-flow ratio of an induction-system-engine
combination rapidly decreases to values less than 1 (see sketch (8)), and
the problem of internal separation from the 1lip disappears. In fact, even
for a perfectly sharp lip, sketch (9) shows that internal pressure losses
resulting from lip separation at the mass-flow ratios of interest (up to
0.9) are small at flight Mach numbers sbove about 0.5. Thus, at high
subsonic speeds, skin friction is the major source of pressure loss in
well-designed systems. :

Some tests have been made of schemes for reducing the mass—flow
ratio in low-speed Fflight to avoid lip separation. These methods consist
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of increasing the area through which air can flow into the induction
system. In reference 77 a sharp-lip nose inlet was tested with a secondary
scoop having sharp lips that opened into the underside of the duct a short
distance behind the inlet. At zero flight speed, it was found that the
variation of Pts/Pto with mt/mt* (where my is the mass-flow through

the total area) was nearly identical no matter how much ares (up to 68 per-
cent of that of the main inlet) was provided in the auxiliary scoop. Thus,
the improvement in pressure recovery that can be expected with this method
is entirely the result of reducing the mass-flow ratio for a given engine
operating condition. In reference 78 a supersonic conical-shock inlet
with a sharp lip was tested with a translating cowl; that is, a short
length of cowl including the sharp leading edge could be moved forward
exposing a gap with a rounded lip and increasing the minimum throat area.
Since the curve of total pressure ratio as a function of mass-flow ratio
my/me* (my is here based on the increased throat area) for the extended
cowl lies above that with the cowl retracted, it is evident that this
method not only increases the available inlet area, but it also improves
the quality of the flow.

Angle of attack.~ The flow approaching an inlet can be asymmetric
with respect to the induction system axis because of the changing attitude
of aircraft for various flight conditions, because of the induced flow
field of the aircraft, or because the inlet is distorted by configuration
requirements. The ultimate result of such asymmetry is internal separation.
Data from tests of circular nose inlets at angle of attack and s flight
Mach number of 0,24 (ref. 79) show that an inlet with blunt lips maintains
high total-pressure ratios and uniform flow to greater angles of attack
than one with sharp lips. For example, at an angle of attack of 15° and
a mass-flow ratio of 2,0, the inlet with an elliptical blunt lip attained
a total-pressure ratio of 0.97 whereas one with a sharp lip attained only
0.90. The corresponding deterioration in flow uniformity was a difference
between maximum and minimum total-pressure ratios in the duct of 0.08
for the elliptical lip and 0.16 for the sharp lip.

At Mach numbers from 0.4 to 1.1, the results of references 23, 76,
and 80 show that even with sharp lips pressure recovery is nearly insen-
sitive to attitude to angle of attack of about 8° to mass-flow ratios as
high as 0.9. At higher mass-flow ratios this range of insensitivity
decreases. The sharp-lip inlet of reference 23 suffered greater losses
at high angles and mass~flow ratios than did the blunter lips of the tests;
at a Mach number of 0.9, an angle of attack of 120, and a mass-flow ratio
of 0.9 the total-pressure ratio was 0.92 whereas a blunter, but still
relatively thin lip, had a total-pressure ratio of 0.94. For these flight
conditions, the mass-flow ratio (mz/mo) at which choking occurred with
the sharp 1lip was 0.9 and that of the blunt 1lip was 0.95.

The sensitivity of an air-induction system to angle of attack is not
only a function of 1ip profile, but it is also affected by the divergence
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of the flow behind the inlet. TIn the tests of reference 76 it was found
that an NACA 1-40-200 cowl was more sensitive to angle of attack and mass-
flow ratio than a longer cowl, NACA 1-40-400, because the duct in the
shorter cowl expanded more rapidly. Thus, some lip bluntness and slow
divergence of the flow behind the inlet provides high pressure recovery
over a sufficient angle-of-attack range for most purposes. For a still
greater range of insensitivity, the lower lip can be drooped and staggered
as suggested in reference 76 and tested in reference 8.. In the latter
investigation, a blunt, staggered-lip inlet was tested at a Mach number

of 0.1k, and it maintained high pressure recovery throughout the range

of the tests from inlet velocity ratios of 0.6 to 2.2 and angles of attack
from -5° to 12°,

Inlet asymmetry.~- An inlet that is distorted relative to the axis of
an air-induction system can have larger pressure losses and greater flow
nonuniformity than an axially symmetric inlet. For instance, Seddon and
Trebble in reference 82 report tests of a wing-root inlet at zero forward
speed. In comparing an inlet swept back 52° with an unswept inlet, it
was found that the losses and flow nonuniformity were about twice those
of the unswept inlet. The additional losses were due to separation in
the outboard corner of the inlet which resulted from the fact that, for
this operating condition, the flow must turn through a large angle to
enter the duct, since it approaches nearly normal to the inlet plane.
Guide vanes alined with the duct axis in the outboard portion reduced the
flow nonuniformity, but increased the pressure losses. Slots in the inlet
lips similar to wing-leading-edge slots, but not swept, reduced both the
losses and nonuniformity because they increased the inlet area and bled
high-energy air into the region of potential separation.

An important effect of inlet frontal shape is shown by comparison of
the flow-distribution measurements of references 83, 84, and 85 from tests
of wing-root inlets at Mach numbers from 0.6 to 1.4. The results show
that the uwniformity of the flow in the portion of the inlet which was
unaffected by the fuselage boundary layer - the outboard portion - was
greatly improved as the shape was changed from the acute angle of a tri-
angular inlet to a semielliptical or semicircular inlet.

Supersonic Flight

The considerations of pressure recovery in supersonic flight are
more complex than those at subsonic speeds because in supersonic com-
pression of engine air the pressure losses and flow nonuniformity can be
caused by two additional factors, shock waves and shock-wave-boundary-layer
“interaction. These factors become increasingly important as the local
Mach number at which they occur increases above 1, Moreover, the necessary
increase in thrust of air-consuming jet enginés with speed depends upon
the increase in total pressure
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3.5

Pt = Po(l + 0.2M5%)

and density 2.5
Pty = po(l + O.2M02)

Little of the avallable pressure and mass flow can be lost if an engine is
to overcome the large drag forces of supersonic flight. In many cases, the
margin of excess thrust at supersonic speeds is relatively small, and the
thrust-available and thrust-required curves are slowly convergent. Then,
small losses in total pressure cause large reductions in acceleration and
meximum-speed performance.

Supersonic compression!®.- Since the local Mach number at the intake
of present-day engines must be subsonic, the flow to the engine of a super-
sonic aircraft must be decelerated through a Mach number of 1. Ideally,
this compression of the air can be accomplished isentropically through a
reversed Laval nozzle with no external wave drag as indicated in sketch
(10); practically, shock-free internal flow cannot be attained because

Ideal internal compression through Mach waves . External compression through shock waves

Internal compression through shock waves

Combined external and internal compression

Sketch (10)

\\\g 18Ferri in reference 86 and Lukasiewicz in references 53 and 87 dis-
cuss many of the principles involved in supersonfgﬁﬁgﬁf?gggfgn. In this
report, these principles are mentioned only briefly, and the emphasis is
on presenting information that is useful in design and in pointing out
limitations for the flight conditions under consideration.
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the flow through such a channel is in a state of neutral equilibrium. Any
disturbance which causes a loss in total pressure hetween the entrance
and the throat causes a decrease in mass flow through the throat because
here the area and velocity are fixed. Air must then accumulate because
more flows into the passage than can flow out, and a normal shock wave

is formed which must move upstream, continually growing stronger, until
it is expelled from the channel and spills the excess air. The shock
wave cannot re-enter the channel unless the throat is opened sufficiently
to pass the full mass flow at the stagnation pressure existing behind the
normal shock wave in the free stream. (For detailed discussions of these-
phenomena see refs. 86 through 89.)

It is, of course, not necessary to attempt supersonic compression
either in a closed channel or isentropically. The flow can be decelerated
externally and through discrete shock waves as shown for several possible
arrangements in sketch (10). The crudest method which entails the greatest
losses is to accept a normal shock wave at the free-stream Mach number.
Since these normal shock losses can be reduced by decreasing the Mach
number at which they occur, higher total-pressure ratios can be attained
by placing an inlet in a region of substream velocity on an aircraft, as
will be discussed subsequently under INTERFERENCE, or by creating oblique
shock waves to reduce the local Mach number but with less loss than that
of a single normal shock wave., For a given local Mach number ahead of an
air-induction system, the question arises as how best to utilize oblique
shock waves. Oswatitsch (ref. 90) has shown that the maximum total-

pressure ratio of a two-dimensional 10

multishock system occurs when the

total~pressure ratio across each

oblique shock wave is the same. For 8 :?\\\7

such conditions, the variation of . \\ \\\::

total-pressure ratio with Mach number  o-flo® \\\\\n

for shock-wave compression (n oblique g \\\ N 3

waves plus terminal normal shock wave) e 6 \\\\

is shown in sketch (11). It is appar- £ \\ \ o

ent that the losses through a single § N\ \\

normal shock wave rapidly become a4 Normal \\\

intolerable above a Mach number of 2 shock \\\\\ |

about 1.6 and that large improvements = wave

can be made by utilizing oblique ‘ 2 \\\\\

shock waves .14 0
The variation of total-pressure qo 5 56 33 )

ratio with deflection angle for various
approach Mach numbers in two-dimensional
flow is shown in figure 6 for a two-shock Sketch (11)
system (one oblique and a terminal normal shock wave) and in figure 7 for
a three-shock system. Figure 8 presents these variations for a two~-shock

l4Detailed information and design charts on shock waves can be
obtained from such references as 9l and 92,
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system in conical flow and is taken from reference 53 where it is assumed
that the normal shock wave occurs at the average of the Mach number behind
the conical shock wave and on the cone surface, (Mg+M¢)/2. This assumption
is adequate for the Mach number and cone-angle range of interest in the
flight conditions being considered in this report because the difference
between Mg and Mz is small, less than 0.01. It is apparent from this
fact that the maximum total-pressure ratio attainsble in two-dimensional
and conical flows is about the same. Iukasiewicz in reference 53 shows
that this difference in total-pressure ratio at Mach numbers less than 2.0
-is less than 0.015. The curves of figures 6, 7, and 8 show that total-
_pressure ratios near the maximum can be maintained for a relatively wide
range of flow deflection angles, an important fact because an angle can be
selected which produces nearly maximum recovery at the high-speed condition
with little decrease from the maximum possible for a considerable range of
lover Mach numbers. Also, the angle can be chosen so that a detached shock
wave occurs only at a low supersonic speed where the entropy rise through a
normal shock wave is small. For example, at an upstream Mach number of
1.8, the maximum total-pressure ratio with a two-shock system is 0.945,

and the corresponding flow deflection angle is 140, for which the detach-
ment Mach number is 1.57. If a 10° deflection angle were selected, only
0.01 would be lost in total-pressure ratio at the design Mach number, but
the shock-detachment Mach number would be reduced from 1.57 to 1.37 and,

in this Mach number range, recovery would be improved several percent.

The total-pressure ratios decrease beyond the maximums (the values plotted
in sketch (11) for the two-dimensional cases) because the losses through
the oblique waves exceed those through the normal wave until finally the
oblique wave detaches from the deflecting surface and only the pressure
recovery through a single normal shock wave is possible. The high level

of total-pressure recovery that can be attained by conical-shock compres-
sion has been verified at Mach numbers to 2.1 in references 13, 93, and 9k.
In reference 94 a center body contoured for isentropic compression at a
Mach number of 1.85 produced a total-pressure ratio of 0.967; with three
oblique shock waves, the total-pressure ratio was 0.954; and with two,

it was 0.945. 1In all cases, a uniform flow was measured after diffusion.
These values are very close to those obtained by adding the predicted shock
losses to the experimental duct losses described previously.

Limiting internal contraction.- For internal-compression systems
through shock waves, the problem of flow stability exists as in the
reversed Laval nozzle because of the two possible stable positions of the
normal shock wave, ahead of the inlet or downstream of the throat. However,
at the expense of complication, this disadvantage can be overcome, and this
form of supersonic compression has the advantage over external compression
of deflecting the flow toward the system axis rather than away from it. The
frontal area, external drag, and amount of turning in the duct can thereby
be reduced. Thus, the optimum arrangement for any specific case requires
detailed evaluation. The relation between contraction ratio, total-pressure
ratio, and Mach number is
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This relation is plotted in sketch (12a) 8
for isentropic flow to a Mach number of .
1 at the throat. Also shown is the con- <<z
traction ratio which permits isentropic 3
flow to a throat Mach number of 1 from
6

N

the total pressure existing behind a
normal shock wave. This is the con-
traction ratio at which supersonic flow
can be established in a fixed internal-
contraction inlet at a given flight Mach
number and is designated VYgggpt- Total- 4
pressure-ratio curves for two positions

of the normal shock wave for Vgtgpt are
also shown for the cases where the normal
shock wave is at the throat and in the free

Contraction ratio, y

"“‘nsen

stream. It is, of course, possible for the

normal shock wave to be downstream of the 10

throat, in which case the pressure recovery
decreases toward the lower curve in

sketch (12b). It is apparent that the
starting contraction ratio for a Mach
number of 2.0, for instance, 1s less than
that permissible at a lower Mach number. 9
Thus, if an aircraft is to reach a Mach

number of 2.0 and maintain the total-
pressure‘rat%os (pt%'/pto)Wstart or ?igher, 8
the contraction ratio must decrease with -
increasing flight speed above a Mach num- °7'% .
ber of 1. Also, it is apparent that above
a Mach number of about 1.8, the total~
pressure losses with Vgtgprt are unac-
ceptably large, and it is desirable to
decrease contraction ratio and increase
supersonic compression toward the isen-
tropic value. If the throat area is

ad justable, this can be done as long as 4
the flow at the throat is supersonic.

For a given contraction ratio the Mach

Total-pressure recovery,

nurber at the throat can be calculated 3

from equation (25), and the maximum
total-pressure ratio possible is that
of a normal shock wave occurring at
Mach number Ms! with ptz,/pt2=l.
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However, if the flow at the throat is subsonic due either to a contraction
ratio that is too small or to the inlet being too large for the engine-
air requirement, a normal shock wave ahead of the inlet reduces the total-
pressure ratio to that of the lowest curve shown in sketch (l2b). In
fact, this type of air-induction system is sensitive to flow changes, and
close control of both inlet-area and contraction ratio are necessary if it
is to operate with an engine through a wide range of flight conditions.
The pressure recovery can decrease abruptly from the maximum possible with
small changes in either mass flow or angle of attack (see ref. 53).

An induction system in which both inlet and throat areas were adjust-
able to match engine-air requirements and provide maximum total-pressure
ratio with internal contraction through two oblique shock waves and a
terminal normal wave has been reported by Scherrer and Gowen in refer-
ence 68. It was found, as shown by the data points in sketch (12), that
in this particular test a contraction ratio well below Vgtgrt could be
reached, but there were no significant improvements in corresponding total-
pressure ratios. It was concluded that the increasing supersonic compres-
sion was counteracted by increasing losses in the duct and that greater
refinement in duct design was required.

Other methods than adjustable passage walls have been investigated for
avoiding the flow-stability problem of internal-contraction inlets. ZEvvard
and Blakey (ref. 95) tested an open-nose inlet in which the contracting
passage was perforated to permit the escape of excess flow between the
inlet and the throat as the normal shock wave moved into the channel with
increasing flight Mach number or mass-flow ratio. A high maximum total-
pressure ratio, 0.93, was measured at a Mach numher of 1.85, and the inlet
was found to be relatively sensitive to mass flow but not to angle of
attack. It was estimated that 5 percent of the total mass flow was lost
through the perforations. Further tests on this method of flow stabiliza-
tion are presented in references 96, 97, and 98. Although high pressure
recovery is attained with this type of inlet, it is accompanied by high
drag if the flow through the perforations is vented to the external stream.
For example, the data of references 97 and 98 show that the drag of per-
forated inlets is as much as 25 percent greater than that of unperforated
types. A similar method of providing flow stability when the terminal
normal shock wave is at the throat has been reported by Neice, reference 99.
Here, the channel walls are vented, immediately ashead of the throat to a
chamber to permit the escape of excess mass flow when a disturbance tends
to force the normal shock wave upstream into the converging passage.

Rectangular scoop inlets with side walls swept.back toward the body
as described in references 53, 100, and 10l.are able to maintain supersonic
flow to the throat of a contracting passage éﬁ\redpced mass-flow ratios
and flight Mach numbers because air can escape laterally as the normal
shock wave moves down the channel. However, at low flight Mach numbers
the first oblique shock wave from the compression surface is forward on
the fuselage, and it interacts with the boundary layer causing both high
drag and poor pressure recovery. These difficulties have been partially
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circumvented by use of a leading-edge flap on the compression surface.
(See ref. 101.) Deflection of this flap toward the body reduced the
pressure rise across the oblique shock wave at a given Mach number, and
delayed boundary-layer separation to lower Mach numbers.

For the conical=-shock inlet, internal contraction can be used to
produce additional supersonic compression, but at the expense of encounter-
ing the flow-stability problem and additional duct losses. Jukagiewicz
derives in reference the contraction ratio Vat.n+ that can be used L///
with conical=-shock inlets, base € assumption that The entrance
Mach number is the average of that behind the shock wave and on the cone
surface. gg}s variation is presented in sketch (13). It is seen that for
large cone angles the permissible contraction is small. Experiments at
Mg =1.85 (ref. 93) show that for an inlet with a straight lip (not cem-
bered to meet the local flow), internal contraction reduces the optimum
cone angle for maximum pressure recovery

to about 25° as compared to 30° for an BN

inlet with only conical-shock compres- \\\ \\

sion, (fig. 8). However, the difference 96 \

in maximum possible recovery is small. b\\\ \\\

Only for small cone angles where the 92 N AN -
oblique shock wave is not being fully \\\ \\\ \\\\300
utilized can internal contraction . 88

produce any great advantage. Tests 5 \\ \\

have been made at a Mach number of 1.85 .¥84 NN

with conical-shock inlets having internal \ AN
contraction and a perforated lip to pro=- N\ 20
vide flow stability. (See ref. 9k.) BO———[—= A \
The results indicate very high maximum 4 \\\\ 10°
total-pressure ratio, 0.95, for this 76 —_""\ N
arrangement. Both drag and pressure~

recovery measurements were made for a 72

conical-shock inlet with a 20° cone o 14 18 22 26 30

and a perforated cowl at Mach numbers

of 1.59, 1.79, and 1.99 in reference 96.
The results indicated that even though
high pressure recovery was obtained at zero angle of attack a relatively
large increase in external drag occurred relative to similar unperforated
inlets. The pressure recovery was relatively insensitive to mass~flow
change sbove the mass-flow ratio at which shock oscillation occurred.
With increasing angle of attack both the range of mass flows for steady
operation and the pressure recovery decreased at all Mach numbers, the
latter being a more pronounced decrease than with similar unperforated
inlets. '

Sketch (13)

Limiting inlet Mach number.- For external-compression systems there
is no problem of flow stability as there is with internal-compression
systems. There is, however, a limitation on how nearly isentropic the
compression can be, or, in other words, on the number of oblique shock
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waves which it is practical to use. This limitation arises because the
larger the number of shock waves, the higher the subsonic inlet Mach
nunber and the greater the duct losses, Hence, optimum supersonic compres-
sion requires excellence in duct design. The following table shows the
local Mach number and total-pressure ratio after the terminal normal

shock wave in a pattern arranged with n oblique shock waves to produce
the maximum supersonic compression at approach Mach numbers of 1.5 and 2.0.
Subtracted from these total-pressure ratios are the duct losses correspond-
ing to the inlet Mach number as measured with a duct with very small losses
in reference 64, Thus, for these conditions, which are probably about the

Duct 13.5° - 0, (6/r)s = 0.00143

Mo = 155 Mo = 2.0
ol Mo bBto Py Py Pta Mo Ptg P-bz-Pts Ptg
pto pto pto Pto Pto Pto

0.7010.93] 0.02 [0.91{0.58{0.72] 0.01 |0.T1
861 .98 02 | 961 74| .90 .02 1 .88
911 .99 .03 | .96{ .83} .95 02 | .93
9411.00 O | .96) .90} .97 .03 | .94

(W o O

best that can be expected in the present state of practical design knowl-
edge, little can be gained by using more than one oblique shock wave at

a Mach number of 1.5 or two obligque waves at a Mach number of 2.0. If

a poorer duct is used, say the duct with a thick initial boundary layer
and a two-radii offset as described in reference 64, the following results
are obtained when it is combined with shock-compression inlets:

Duct 13.5% - 2 (Offset = 2rp), (6/r)z = 0.0156

Mo = 1.5 Mg = 2.0
ptg Pto"Ptg| Ptg Pto [P t2"Ptg| P tn
mi e g Y2 15 I3
to pto p‘to to to Pto

olo.70l0.93} 0.09 }0.8%}0.58]0.72{ 0.06 [0.66
1} .8} .98] .1k LBhi J7h .90 Jdo | .80
21 .91] .99} .16 .83) .83 .95 JA3 1 .8
31 .9kj1.00} .17 .831 .90} .97 JA6 1 .82

Here, the advantages of high supersonic compression are further reduced.
At a Mach number of 1.5, a normal shock wave might as well be used, and
at a Mach number of 2.0, a single oblique shock wave very nearly produces
maximum pressure recovery. Oswatitsch establishes this point in refer-
ence 90 by considering the arrangement of oblique shock waves which would
produce the maximum static pressure behind the terminal normal shock wave.
This would be the best initial condition for a poor duct installation.
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It is shown that oblique shock waves produce no improvement to a Mach
number of 1.6 and that a single oblique wave is sufficient to a Mach number
of 2.0.

At flight Mach numbers greater than 2.0, another limit appears on
the number of obligue shock waves that can be used beneficially. As
pointed out by Lukasiewicz in reference 87 and Connors and Woollett in
reference 102, supersonic flow can be turned and compressed by deflecting
surfaces through such large angles that a normal shock wave must form at
the streamline which turns through the maximum angle possible for attached
flow. This normal shock wave occurs at Mach numbers above about 2.2 before
essentially isentropic compression cén be achieved; at lower Mach numbers,
nearly isentropic compression is possible without the occurrence of s
normal shock wave from this cause.

Boundary-layer shock=-wave interaction.- Probably the most important
limitation on supersonic compression is caused by the interaction of
shock waves with boundary layers. For instance, Seddon in the note
appended to reference 103 shows that for a side intake without boundary-
layer removal and only a normal shock wave for supersonic compression,
the total-pressure loss due to this interaction was greater than the sum
of the losses from all other sources at Mach numbers between 1.0 and 1.k
and was about equal to that across a normal shock wave at 1.7, where,
in general, normal-shock losses are unacceptably high. These interfer-
ence losses were due to turbulent mixing in the flow after separation and
to changes in skin friction and shock losses from their values in unsepa-
rated flow.

The boundary layer separates at relatively low local supersonic Mach
numbers, about 1.25 and greater, when a normal shock wave interacts with
a turbulent boundary layer; it separates at very low supersonic Mach
numbers, locally about 1.1, when the interaction is with a laminar
boundary layer. (See refs. 103 through 107.) Of course, if the profile
of the boundary layer has developed an inflection (H2 1.8 in incompres-
sible flow) before the interaction, a less intense shock wave causes
separation. The data of reference 106 show that for the range of flight
conditions of interest in this report, the static pressure-rise ratio
at separation is not a strong function of Reynolds number if the flow
to the point of reattachment is turbulent. However, if transition occurs
between separation and reattachment, there is a Reynolds number dependence.
In air-induction-system design or testing in conditions in which a laminar
boundary layer in the engine-flow streamtube could exist, provision should
be made for causing transition upstream of shock waves. The reasons are
that a shock wave of practically any strength can separate a laminar
layer and that any saving in skin friction due to maintaining a laminar
layer is negligible. Also, the Reynolds number dependence if the initial
boundary layer were not turbulent could produce unreliable test measure-
ments. OSeparation is to be avoided not only because of pressure losses
but also because of flow unsteadiness and nonuniformity. However, small
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amounts of separation with subsequent reattachment are not necessarily
serious, and information is required on the allowable tolerances for
regions of separated flow.

With air-induction systems, the shock waves that interact with a
boundary layer can originate from a change in surface slope, from neigh-
boring surfaces, or from the normal shock wave which terminates supersonic
compression. Bogdonoff and Kepler (ref, 105) indicate that for local Mach
numbers through 2.0, a static-pressure-~rise ratio of about 2 causes separa-

tion. Gadd, Holder, and Regan (refe 106) show a value .T; Nussdorfer
(ref. 104) suggests a value of 1.89; Lukasiewicz (ref {52), Seddon #ere*®

(ref. 103), and Dailey (ref. 108) suggest 1.8, the pressure ratio across

a normal shock wave occurring at a Mach number of 1.3; and the criterion
of Nitzberg and Crandall [(ugep/uinitial)® = 1/2] corresponds to a static-
pressure-rise ratio of 1.7 (ref. 109). Such differences are due to the
method used to determine separation and to test conditions. Nussdorfer'ts
criterion of static-pressure-rise ratio of 1.9 was derived from a study of
air-induction-~system data which included both plane and conical compression
surfaces. If this criterion is used as the one appropriate to present
design methods for the case where a normal shock wave interacts with a
turbulent boundary layer, the limitations on shock compression because

of separation are those superimposed on the curves of total-pressure ratio

.as a function of flow deflection angle and Mach number presented in fig-

ures 6, T, and 8, If it is assumed that the degree of separation at the
boundary determined by Nussdorfer?’s criterion is sufficient to reduce
induction-system performance, it is evident that in the Mach number range
up to 2.0 inlets must be designed for nearly the optimum shock configura-
tion. If a smaller deflection angle is used, the terminal normal shock
wave is intense enough to cause separation. This interaction undoubtedly
decreases performance in cases where the boundary layer Jjust ahead of the
normal shock wave is on the verge of separation and where the subsequent
flow is not given an opportunity to reattach. For instance, the sketch
in figure T shows a condition where the pressure rise in the vieinity of
the oblique~shock reflection could be sufficient to cause local separation
or at least disturb the boundary layer sufficiently so that the terminal
normal shock wave would ensure separation. The limitations for avoiding
separation in this case are more severe than indicated in this figure.
Comparison of figures 6, 7, and 8 shows that a strict requirement of
avoiding bow-shock wave detachment and separation due to the terminal
normal shock wave through a range of flight Mach numbers makes systems

in which the configuration can be varied necessary at Mach numbers above
about 1.6 in two-dimensional flow and above about 2.0 in conical flow.
(Other reasons for varisble systems and information on those that have
been tested will be discussed subsequently.)

Separation due to changes in surface slope and to impinging shock
waves from other surfaces can be alleviated by reducing the pressure
gradient by distributing the disturbance over some length. In other words,
discrete shock waveg are to be avoided. For instance, Chapman, Kuehn,
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and Larson in some as yet unpublished results found that the turbulent
boundary layer can withstand a large pressure rise on a curved surface
where it has sufficient distance in which to re-energize itself. (see
also refs. 43 and 110.)

If boundary-layer separation due to interaction with shock waves
cannot be avoided in induction-system design, it can, of course, be pre-
vented by removing or re-energizing the approaching boundary layer. Inves- L
tigations of such methods are reported in references 111 through 115. The
investigations of boundary-layer removal near the minimum-area station by
both porous suction and slots show that some improvement in pressure
recovery at low mass-flow ratios can be achieved. More important, however,
is the improvement in flow uniformity and steadiness over a wide range of
mass-flow ratios. Similar results are obtained with blowing methods of
boundary-layer control in which the point of discharge is upstream of the
minimum-area station. (See refs. 113 and 11k.)

To summarize, separation can easily be caused by the interaction of
shock waves with a boundary layer. To avoid separation, the boundary-
layer profile approaching the region of supersonic compression should have
no inflection; changes in surface slope and impinging disturbances should
be distributed to reduce the pressure gradient; the proper arrangement of
shock waves should be used to keep the interaction pressure ratio at the
terminal normal shock wave below that which would produce separation; and
the initial subsequent compression should be small. Thus, the mass-flow
ratio should be high to minimize subsonic compression behind the terminal
shock wave, and a nearly straight entry section should be used in the duect
to minimize the pressure gradient and to permit reattachment if some
separation does occur. The boundary layer can be removed or re-energized
to avoid or reduce the interaction.

Lip design.- In supersonic flight, the problems of lip design are
different from those of subsonic flight, for there is no possibility of
external streamlines converging upon the inlet and causing separation of
the internal flow. The problems are those of locating and shaping the lip
properly to maintain high pressure recovery and low net drag without
severely compromising these qualities in subsonic flight.

Tests of open-nose inlets to determine the effects of lip profile in :
supersonic flight are reported in references 23 and 116. It was found %///
that curved internal surfaces that are satisfactory at subsonic speeds can

be used at supersonic speeds at least to a Mach number of 1.7 without any
sacrifice in total-pressure ratio. In fact, a lip described in refer=-

ence 23 with (r/R)2=1.15 produces higher pressure recovery than a sharp

lip at Mach numbers to 1.5, and, as shown in figure 5, this lip maintains

high recovery to relatively large mass~flow ratios at subsonic speeds.

With internal-contraction inlets designed for the contraction ratio
Vstart (See p. 40), the profile of the contracting passage can as well be
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a straight line as a theoretically more efficient contour because the
permissible contraction is small to a flight Mach number of 2.0. For such
inlets with an adjustable throat to increase the contraction while in
flight to values less than Vstart, a straight~line profile at the lip is
also sufficiently refined in this Mach number range. The deflection angle
at the lip leading edge should, of course, not exceed the angle for shock=-
wave detachment or for regular reflection (see refs. 53 and 92). However,
as shown by the results in reference 54, and as discussed previously, it
should be a sufficiently large angle to minimize the effects of interac-
tion between the boundary layer and the terminal normal shock wave. (The
results of Wyatt and Hunczak, ref. 5k, further show that an extended entry
section permits greater supersonic compression in this type of air=
induction system, presumably because the separated boundary layer which
follows a relatively strong normal shock wave has an opportunity to
reattach.)

Lukagiewicz gref. 53) in discussing conical-shock inlets with sharp _
lips shows that neither 1ip position nor lip inecidence have, within reason-
able design limits, great significance in affecting pressure recovery at
Mach numbers less than about 2.0. Lip position is not important because
the velocity gradients for reasonable positions in practical conical flow
fields are small. ILip incidence has little importance because even if the
shock wave from the lip is detached, it is of small intensity in a design
having the relatively large cone angle necessary for maximum pressure
recovery.

Although lip design has been found to be of secondary importance
in regard to pressure recovery for extermal-compression inlets, it is of
great importance in regard to drag, which will be discussed later.

Mass~=flow variastion.= Air-induction systems without an adjustable
inlet area or a bypass must operate through a range of mass flow as flight
conditions change. The previous discussion of supersonic compression has
been concerned primerily with considerations of meximum total-pressure
ratio at a single design condition, usually the "ecritical mass-flow ratio.”
This term denotes the internal flow when there is no subsonic spillage
and the terminal normal shock wave occurs at the minimum-area section;
that is, when the supersonic compression for the system is maximum, If
the transition to subsonic flow occurs downstream of the minimum section,
the mass~flow ratio is the same as at the critical condition because there
is also no subsonie spillage, but the total-pressure ratio is less because
the terminal shock wave occurs at a higher local Mach number. Such opera-
tion is termed "supercritical"” and the total-pressure ratio is determined
by the flight conditions and the requirements of flow continuity and of
the flow schedule of the engine. From equation (16)
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Thus, for a specific mass=-flow ratio, a reduction in inlet area produces

a low pressure recovery for a given engine corrected air flow and flight
Mach number; or, for a given inlet area and mass-flow ratio, corrected

air flows or flight Mach numbers above the design value also reduce the
total-pressure ratio. Systems are sometimes designed to operate at super-
critical conditions in order to avoid flow unsteadiness which often occurs
at mass~flow ratios just below critical, particularly at angle of attack
with systems having a large amount of supersonic compression and no inter-
ference which alleviates angle-of-attack effects. (See, for instance,
refs., 117 and 118.) When the transition to subsonic flow is upstream of
the inlet, the subecritical condition, a normal shock wave occurs exter=-
nally and flow is spilled behind it to reduce the mass~-flow ratio from

the maximum. The possible total-pressure ratio at these reduced mass flows
can be calculated from the known shock pattern if the pressure rise through
the shock waves is not so great as to cause separation losses or to dis=
tort a boundary layer enough to change the shock pattern.

Experimental investigations of isolated air-induction systems through
the range of mass~flow ratios show, in general, that inlets which attain
very high total-pressure ratios at the critical condition are very sen-
sitive to changes in operating flow conditions. That is, total-pressure
ratio is markedly reduced if operation is very far subcritical, and, as
with any inlet, recovery decreases rapidly in the supercritical range.

The data summarized by ILukasiewicz (ref. 53) illustrate this fact. Thus,
an open-nose inlet which accepts supersonic compression through a normal
shock wave does not, as shown in sketch(]lj, attain a high total=-pressure
ratio, but essentially the maximum total-pressure ratio with uniform flow
at the compressor face is maintained throughout the subcritical range.

The total=-pressure ratio which has been measured in experiments is that
calculated for the normsl-shock wave minus the duet losses. An internal-
contraction inlet suffers an abrupt tobtal-pressure loss and operates as

a normal=shock inlet as soon as the flow becomes subecritical. Conical-
shock inlets designed with more than one oblique shock wave also have this
disadvantage of an abrupt decrease in total=pressure ratic at subecritical
mass=Llow ratios, presumably because the boundary-layer profile approaches
that for separation in passing through the large adverse pressure gradients
of the supersonic compression. However, conical-shock inlets with one
oblique shock wave designed for near-maximum-total-pressure ratio can
maintain a high level of pressure recovery well into the suberitical
range. Use of less than the optimum cone angle (included angles less than
about 50° ) produces a terminal normal shock wave of too great intensity
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which adversely affects subcritical operation. The most disturbing dif-
ficulties at reduced mass~flow ratios are flow nonuniformity and unstead-
iness which are caused by separation that can arise from a number of
sources. An extended subcritical range of mass~flow ratios in which the
flow is steady can be obtained by choice of the proper shock pattern and
duct design or by boundary-layer removal.

Since fixed-area intakes can be unsatisfactory at mass-flow ratios
other than that chosen as the design point, systems must be considered
in which a constant, or nearly constant, mass~flow ratio maintains a high
level of over=all induction~system performence through a wide range of
flight conditions. This can be accomplished by varying the inlet ares;
or, for a fixed inlet area, excess air can be bypassed to satisfy the engine
air requirements while operating the induction system near its best design
point. By these methods the reduction in propulsive=-system performance
from additive drag, reduced pressure recovery, or flow nonuniformity and
unsteadiness can be avoided at the expense of weight and complication.
For aircraft which must fly at widely different conditions of power, alti-
tude, and speed, such complication is necessary. The best arrangement
for any particular aircraft requires detailed evaluation.

Perhaps the simplest variable systems for matching the air require-
ments of an engine are an auxiliary scoop (ref. 74) and a bypass (ref. 119).
With the former, the main inlet is matched in area for the high-speed
flight condition and an auxiliary scoop is opened for flight at lower
Mach numbers. With a bypass between the inlet and the engine, the inlet
area is generally chosen for the altitude cruise condition and is large
for flight at high speed or low altitude. The excess air is dumped over=-
board through the bypass. The analyses of references T4 and 119 show
that these systems have various advantages and are superior to other systems
for certain flight conditions. Experiments have demonstrated that at Mach
numbers up to 2.0 the drag of the bypass can be small as long as the air
is ejected nearly parallel to the local flow direction. (ref. 120).

Another variable system is a conical-shock inlet in which the center
body can be moved fore and aft to regulate the mass-flow ratio. This is
the translating-cone inlet (refs. 121, 122, and 123). When the oblique
shock wave from the cone apex intersects the inlet lip, the mass-flow
ratio is the maximum. When the cone is moved forward relative to the lip,
the mass~fiow ratio is reduced by supersonic spillage and the additive
drag is not as large as if the spillage were behind a normal shock wave
(see p. 64). Gorton shows in reference 122 that such inlets can be designed
for high pressure recovery at Mach numbers from 1.5 to 2.0. The effects
of various design compromises which must be made in the design of such
translating~cone inlets are studied in reference 123, The performance
of three inlets each in combination with three turbojet engines is com=
pared. The choice of inlet was found to depend upon the engine air-flow
schedule and the flight conditions selected as critical. In reference 31
tests with an operating turbojet engine of a translating-cone inlet and
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of a bypass system at flight Mach numbers of O, 0.6, 1.7, and 2.0 are
described. Both systems eliminated flow spillage behind a normal shock
wave, but the net propulsive forces were not determined. This investiga-
tion was extended in reference 124 to include automatic control of a system
with a translating cone and a bypass combined. By sensing total pressure
at the cone tip and cowl lip and static pressure just inside the inlet,

the obligue shock wave could be maintained at the lip and the terminal
shock wave could be positioned Just inside the cowl. The total-pressure
recovery varied from 0.92 to 0.88 as the Mach number was changed from

1.7 to 2.0 (see fig. 9).

Air-induction systems in which the deflection angle of the supersonic
compression surfaces can be varied to provide for engine-inlet matching
through a range of flight conditions have been tested in a wide variety ////
of arrangements. In reference 125 a precompression ramp followed by a k
~variable second ramp was used to improve the performance of a twin-scoop
installation with fixed-area inlets. Precompression ramp angles of 30
and 10° were tested in combination with the variable second ramp; the
larger angle produced the bebtter pressure recovery. However, nonuniform-
ity in the total=-pressure distribution at the diffuser exit of more than
5 percent existed for all the configurations tested. An underslung scoop
having a variable horizontal ramp or a variable vertical-wedge compression
surface is described in reference 112. The total=-pressure ratios attained
in tests at Mach numbers from 1.4 to 1.8 are shown in figure 9. It is
seen that these systems produce relatively high total=-pressure ratios.
Further tests reported in reference 112 of an underslung scoop with
boundary-layer removal through porous suction over the compression surfaces
show an increase in total-pressure ratio of as much as 5 percent with
.nearly the same gain in net propulsive force.

The problem of providing high values of net propulsive force for a
self=-gccelerating ram-jet missile requires some form of variable inlet
area, and the variation must be accomplished in a simple manner. A drop-
able cowling to provide, in effect, two inlets is reported in reference
126. A cowling was added to a double-cone inlet designed for Mo =2.h
so that the combination was a normal-shock inlet, and tests were made at
Mach numbers of 0.64, 1.5, and 2.0. Substantial improvements in net pro-
pulsive force over that of the double~cone inlet were obtained at these
Mach numbers.

Investigations of inlets having both variable inlet and throat areas
‘are reported in references 68 and 127 and the pressure recovery character=
istics are compared with those of other inlets in figure 9.

Angle of attack.- As in subsonic flight, the flow approaching an
air~induction system at supersonic speeds can be at an angle to the system
axis because of the attitude of the aircraft and because of induced effects.
As in the case of mass-flow variations, inlets which attain very high
total-pressure ratios are, in general, sensitive to angle of attack.
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Lukasiewicz (ref. 53) shows that an open=nose inlet with normal-shock
“compression is not affected by angle of attack up to 5°; but the other
inlets, that is, the internal-contraction and conical=shock types, suffer
losses in maximum total-pressure ratios of from 3 to 4 percent at angles

of attack of 5°. (See refs. 53, 122, and 128.) At higher angles of attack
separation from the lower 1ip of syrmebtric open-nose inlets reduces the
pressure recovery until at angles of attack of the order of 20° at a Mach
number of 1.42, the maximum total pressure ratio decreases from 0.95 to
0.85 (fig. 10). The reductions in pressure recovery are greater for
conical=-shock and internal-contraction inlets.

Several methods for maintaining the zero-angle-of-attack level of
pressure recovery with changing angle of attack have been proposed. A
summary of test results is presented in figure 10. Beheim suggested a
and found that relative to a fixed-cone

steadiness could be obtained at angle of attack. However, there was no
improvement in flow uniformity, and meximum pressure recovery occurred at
a reduced mass-~flow ratio. A method is proposed in reference 130 in which
an inlet with a vertical-wedge compression surface inside a conical cowl
was modified by perforating the wedge center body and cutting back the
lower half of the cowl lip, Total-pressure recovery obtained with this
inlet, although lower than with comparable conical-shock inlets, was
essentially constant with increasing angle of attack up to an angle of at
least 10°, the limit of the tests. There was an increase in the subcriti-
cal mass-~flow range for steady flow, and twin-duct instability was elimi-
nated by cross-ventilation through the perforations. Other methods for
maintaining the level of pressure recovery with changing angle of attack
consist of either canting the inlet plane (refs. 131 and 132) or adding
flow deflecting surfaces (refs. 26 and 133). Arrangements for utilizing
interference from other aircraft components to keep the flow alined with
the system axis are discussed later under INTERFERENCE.

DRAG

The .design objective in regard to drag is to minimize disturbances
in the extermal flow; that is, to maintain as much laminar flow as possible,
to avoid separation, and to avoid shock waves or reduce their intensity.
Since the forces of skin friction occur on all external surfaces and are
not limited to those of air-induction systems, no detailed discussions
of skin friction or of the allied problem of boundary-layer transition
are presented in this report. References 41, 42, 134, 135, and 136 con-
tain design information on these subjects. —

In this section, only the drag of isolated air-induction systems is
considered; that is, wing-root inlets and types which include interference
drag forces are not discussed. In general, drag coefficients are based
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on the maximum frontal area of the cowling or fuselage. As described
previously, scoop incremental or additive drag should be computed to the
stagnation point on the inlet lips; however, since the location of the
stagnation point is seldom known, these quantities are here computed to
the plane tangent to the leading edge of the lips. As discussed in refer-
ence 23, such an assumption is conservative. In order to have a reference
for the relative importance of the drag components considered, the fol-
lowing table of representative aircraft dimensions and total drag coef-
ficients has been compiled.

;. =D S
Inlet |Meximum fuselage Az Wing By CDmln nin/d Refer-
Aircraft | area, Ap,| frontal areal T‘-M- area, S, 5 Mirag rise Transonic | Supersonic| ences
sq Tt AM, sq £t 5q £t Subsonie |y “_"1 10 |Mp = 1.50
F-100 L.hs 26.40 0.169 | 376.0 | 0.070 0.92 0.0120 | 0.0435 0.0430 137
¥F-91 k.90 35.50 .138 320.0 A1 .85 L0175 .0630 137
F3H-1 3.72 26.50 k0§ 3500 .06k .88 015 L0515 137
FiD-1 4,28 25,00 .171 | 557.0 .05 .90 .0100 L0375 .0380 13
F-94C 232.8 .76 0255 138
#-86D 2.45 2k.1k4 .102{ 288.0 .084 .85 .0160 139
F-8hr 19.k1 343.5 057 TT .01k0 140
XF-92A . 425.0 .90 .0100 k1
XF-86F 2.45 302.0 .80 .0140 1k
F-102 k.20 33 .60 125 661.0 82i .90 .0100 .0290 . 0210
=105 24,70 85.0 . .0250 .0340 §§§ﬁ
”gvu-l 3.20 23,26 137 | ho6lo | TIoRT .87 L0140 .0720 L5

1This area is that of the maximum cross section of the fuselage.

\

Thus, an approximate figure for the ratio of maximum cowling or fuselage
cross-section area to wing area for present-day aircraft is 0.1 and the
supersonic drag coefficient at a Mach number of 1.5 is about 0.0%. This
figure corresponds to 0.400 based on maximum frontal area. Drag~coefficient
reductions of 0.005 at supersonic speeds and 0.002 at subsonic speeds due

to improvements in the air-induction system represent 1.25-percent reduc-
tions in airplane drag. Such increments in drag coefficient are probably
the limit of preliminary design accuracy and are the least significant
figures worthy of consideration in the following discussion.

Subsonic Flight

In subsonic flight below the Mach number for drag divergence, the
main drag problem of air-induction systems is to reduce skin friction by
delaying boundary=-layer transition and by minimizing wetted area. Drag
due to separation is of little concern even for the relatively sharp lips
of supersonic aircraft because, as shown by the discussion of sketch (8),
mass=-flow ratios are near or above 1 and the angularity of the external
flow relative to the inlet lips is small. For subsonic aircraft in which
it is desirable to minimize inbternal losses by having a large inlet area
and low mass~flow ratios, external separation can be avoided by use of
blunt lips. At the high angles of attack in landing and take-off opera=-
tions, mass~flow ratios are greater than 1, so the engine-induced flow
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counteracts the tendency toward external separation on upper inlet lips.
Climb with Jet-powered aircraft ordinarily occurs at relatively high

speeds where the mass-flow ratio can be less than 1, but, because of the
speed, the angle of attack of the airplane is not large. At high subsonic
speeds, low mass~-flow ratios must be avoided if divergence of the engine-
alr streamtube shead of the inlet and shock stall on the inlet lips is to
be prevented. Thus, since the external shape of an air-induction system
can be considered independently of the duct shape (see ref. 2, p. 60),

the design problem in regard to subsonic drag 1s to select an external
contour that encloses the necessary induction system and maintains laminar,
shock-free flow through the required range of mass flow and angle of attack.

The net drag of an air-induction system is entirely due to skin fric-
tion as long as the flow is unseparated and irrotational outside of the
boundary layer, for, as shown previously, the pressure force in the drag
direction along the free surface of the engine-flow streamtube in equa-
tion (7) is offset by a pressure force on the cowling surface in the
thrust direction. The experimental results of Blackaby and Watson
(ref. 72) show that for a wedge-shaped 1ip profile (7-1/2° wedge angle)
there is no net pressure drag in low-speed flow at mass-flow ratios above
0.8; for blunter lips, lower mass-flow ratios (less than 0.6) were reached
without external separation that caused any appreciable loss in 1lip suction
force. Similarly, measurements to a Mach number of 1 show little change
in net drag with mass-flow ratios as low as 0.8 for sharp lips and to
less with blunt lips. (See refs. 76 and 146.) From these results, it is
apparent that no net pressure drag need be experienced at subsonic
speeds in the mass-flow~-ratio range of interest. However, for the thin
lips required for high-speed flight, a very localized 1lip suction force
to counteract additive drag is not conducive to laminar flow, for a small
region of very low pressure is followed by a rising pressure which causes
transition to turbulent flow in the boundary layer. From the criterion
of Kérmdn and Millikan (ref. 147) that leminar separation occurs in a
positive pressure gradient when the local velocity is about 0.9 the maxi-
mum velocity and that laminar separation results in transition, it appears
from the pressure-distribution data of reference 146 that at flight Mach
numbers greater than 0.8 with a sharp lip, mass-flow ratios greater than
0.9 are necessary to prevent transition from occurring on the lip. For
the NACA l-series inlets of reference 76, mass~-flow ratios to as low as
0.8 with no serious adverse pressure gradient seem possible in flight to
a Mach number of 1.0, although the scatter of the data prevents a definite
conclusion. The pressure-distribution data on NACA l-series inlets at a
Mach number of 0.4 (ref. 80) indicate that for usual ratios of inlet to
maximum diameter, no suction pressure peak with subsequent transition
need occur to mass-flow ratios as low as about 0.4 at zero angle of attack.
Similarly, the "class C" profiles of Kichemann and Weber (ref. 2) create
no adverse pressure gradient until very low mass-~flow ratios, less than
0.4, are reached. These shapes thus can produce low drag in subsonic
Tlight; however, because of their blunt shape, they create high wave drag
in supersonic flight (see, e.g., the data of ref. 148). For aircraft that
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fly supersonically, thinner lips must be used together with a relatively
high mass-flow ratio, greater than about 0.8, to have low external drag
through the speed range.

The NACA l-series profiles (ref. 80) and those described by Kichemann
and Weber (ref. 2) were designed according to the criterion of maximizing
the critical Mach number of lips, that is, the flight Mach number at which
sonic velocity first occurs on the profile. It was thought that this
Mach number would indicate the beginning of the transonic drag rise and
thus should occur at as high a speed as possible. The drag rise is well
predicted by critical Mach number for cowl shapes over which the pressure
distribution is nearly uniform (see ref. 2); however, it is not predicted
by the critical Mach number as applied to local high~velocity regions.15
Since, from the skin-friction standpoint, shapes must be chosen that have
a nearly uniform distribution of pressure, the critical Mach number is a
good indication of the drag~rise Mach number for the shapes of interest.
The NACA l1-series and the Kichemann and Weber class C series can thus be
used with reliance placed on the predicted drag-rise Mach number. ZFor
high Mach numbers of drag divergence, the cowls must be slender as shown
in sketch (14). The results of refer-

ence 148 show that at high mass-flow 100 —
ratios, the details of lip shape for ,Fﬂ”
slender cowls have little effect on . =" INACA
the magnitude of the external pressure = 9 _z” [ C ] 1-50-200
drag to flight Mach numbers of 1. 5 ()«Q§>’ - E]']50450
The important consideration is the € "’2/ //i;7r a 1-50-100
axial distribution of cross-section g gfoe" ’ '
- area, particularly when in combina- N ‘
tion with other airplane components, = ////
as will be discussed later. 87 - g 1-50-50
Ags shown by tests reported °© ) a=0"
in references 150 and 151, the 6
Mach nunmber for drag divergence and 0 2 4 6 8 1O
the magnitude of the transonic drag Mass-flow ratio, m,/m,
rise for ducted bodies can be deter- Sketch (1)

mined experimentally by tests of
equivalent bodies. That is, the solid body equivalent to a ducted body
from the external-wave-drag standpoint is the ducted body with the free-
stream area of the engine streamtube subtracted from the longitudinal
area distribution. At mass=flow ratios less than 1, an equivalent body
thus has a blunt nose; nevertheless, the experiments indicate that the
15The unimportance of localized high=-velocity regions on cowls is
analogous to the observations of Nitzberg and Crandall regarding airfoils
(see ref. 149). Here, it is shown that drag-rise Mach number can best be
predicted by applying the Prandtl-Glauert rule to the pressure coefficient
at the airfoil crest; in other words, supersonic flow must extend over s
considerable portion of the surface for the drag rise to be predicted
accurately by the critical Mach number.

CONFIDENTIAL



56 . CONFIDENTIAL NACA RM A55F16

equivalent-body method is a reliable indication of ducted-body drag rise .
to mass-flow ratios as low as 0.7. The accuracy of this method is greatest
for fair equivalent bodies having high fineness ratios.

The effect of angle of attack of air-induction systems on external
drag is generally not a serious problem. At the lowest mass-flow ratio
that would normally occur in high-speed flight, of the order of 0.6, the
pressure~distribution data on the NACA l-series inlets show that angles
to 4° can be reached without a serious suction pressure peak for cowls
that are not too slender. A slender cowl, the 1-50-200, for instance,
develops a suction pressure peak at this angle whereas the 1-50-150 does
not because of the thicker lip.

Supersonic Flight

The following discussion of the drag of isolated air-induction systems
at supersonic speeds is arranged according to the components which make up
the net drag as shown in sketch (15). Here, typical variations of the com-
ponents of the net drag coefficient with mass-flow ratio for a given flight

\ BX) Transition moving forward with
decreasing mass flow ratio

Additive drag

Zero épilloge
Pressure drag

Fricﬁor\k
_ o

Friction drag — Gowl suction

4V et

Drag coefficient, Cp

PR

R e ——— o

v 4 v ' 5 8

Mass-flow ratio, m,/m,,

Sketch (15)

Mach number are presented. The net drag can be considered to consist of
four parts:
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1. The external wave (or pressure) drag when the system operates
with no spillage, as in sketch (16a).

2.‘ The pressure force on the deflected engine-flow streamtube, as in
sketches (16b) and (16c). (This is additive drag.)

3. The change in external wave drag due to a reduction in mass-flow
from the maximum, as in sketch (16b) or (16c). (This is called
the cowl suction force.)

L. Skin friction (as mentioned on p. 52, this component of the
drag is not discussed in this report).

(a) (b) . c
No spillage Spillage due to a normal Spillage due to on oblique
shock wave and a normal shock wave

Sketch (16)

External wave drag with no spillage.- Several methods have been
developed for estimating the pressure distribution and wave drag of axially
symmetric ducted bodies at zero angle of attack with an attached shock wave
on the lip. These are listed with pertinent references as follows:

Linearized methods References
Brown and Parker 86,152
Lighthill , 153,154
Ward 155,156
Jack . 157
Moore 158
Ferrari 159,160
Bolton-Shaw and ZienKiewicz 161
Parker - 162

Second~order method

Van Dyke ' 163,164,165
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Higher-order method References
Ferri 86,166

In general, the greater accuracy of the more complicated methods
is obtained at the expense of greater labor in making calculations. Also,
since the simpler methods utilize more assumptions, their range of appli-
cability is less but is often sufficient for design purposes. In refer-
ence 157, the linearized method of characteristics is compared with the
source-distribution method of reference 152. It was found that to
produce the same accuracy the linearized method of characteristics requires
much more computing time. In comparing with the characteristics method
of reference 166, this latter procedure was found to require by far the
greatest amount of effort, but the comparison showed that for large flow
deflection angles at the lip (15.50) the linearized methods underestimate
the pressure on the lip and hence the drag, in this case (Mp=1.8) by
36 percent. In terms of airplane drag, such an error would be equivalent
to roughly 1 percent. Ferri compares calculations by the method of char-
acteristics with those of the small-disturbance theory of reference 152 for
a cowl with a 3° lip angle at a Mach number of 1.5 and finds that the
approximate method underestimates only slightly the pressures along the
cowl. In fact, rotation need be taken into account only when a strong
curved external shock wave occurs and the variation of entropy along the
shock wave is great. Similar comparisons at a flight Mach number of 2
have been made between the methods of references 152 and 164 for a conical
and a curved cowl. The conical cowl had a 30 semlapex angle and the ratio
of inlet-to-maximum area was 0.676. The curved cowling had a 12.9° initial
deflection angle, an area ratio of 0.5, a length-to-diameter ratio 1/dy
of 3.18 and a practical profile which is defined by the relation

x = 4.38(r - 1) + 15.50(r - 1)% + 77.07(r - 1)° + 1.73

The outer surface of this lip is parallel to the local flow direction
when the shock wave from a 500 cone intersects the 1lip.'® The results
of this comparison are summarized in the following table:

l8lyukasiewicz in reference 53 presents design information on the
flow direction in conical flow fields and on the conditions for regular
reflection and shock~wave detachment. It is shown that a lip incidence
angle can be selected that is good for a wide range of Mach numbers. Also,
a conical-shock inlet designed with a straight lip to provide internal
contraction cannot have regular reflection at Mach numbers up to 2.0 if
cone angles greater than 250 are used. Ih two=dimensional flow, attached
flow on a straight lip is not possible at a Mach number of 2.0 if the flow
deflection angle is greater than 13°.
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Drag coefficient,
Dyave
Method Pressure relationship Al
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= -0 3 . .
Dom=e—w Cp = -2 o 0187 028

As in the previous comparisons, the first-order method underestimates the
pressure on the lip and the drag; the difference is small if the deflection
angle at the lip is small, but the error becomes sizable in terms of cowl
drag for large anglesl7'(in this case 14 percent when the complete pressure-
coefficient relationship is used). In terms of airplane drag coefficient,
even this error at large deflection angles is negligible. Van Dyke in
reference 165 shows that for cones at Mach numbers less than 2 and cone
angles to 30°, the second-order and exact theories give practically iden~
tical results. In this reference, it is also shown, as indicated in the
table, that higher order terms should be retained in the pressure relation-
ship for calculations involving three-dimensional flow. From these com~
parisons and knowledge of the shapes that are of practical interest, which
will be discussed subsequently, it is concluded that since large lip angles
create large drag forces that must be avoided by the designer, the linear-
ized methods are of sufficient accuracy for most design purposes.

Comparison of the quasi-cylindrical theory of Lighthill (ref. 153)
with experimental measurements of wave drag is made in references 146

17 applying the second-order theory to the curved cowling, it was
found that considerably more computation time was required than expected.
Reference 164 gives certain rules for selecting intervals for computation.
Whereas about 6 intervals are sufficient for 'solid ogival bodies, the
curved cowling required 11 intervals, which increased the labor of com-
putation fourfold.
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and 167. It was found that in spite of the fact that the models were
not quasi-cylindrical (the ratios of inlet-to-maximum area were 0.25 and
0.50, and the corresponding initial 1lip angles were 11.8° and 7.3°) the
agreement was satisfactory, as indicated in the following table:

Model Mo External wave drag coefficient pregiggion,
Measured Theoretical | Percent
Ap/Ay = 0.25|1.41 0.119 0.136 1k
1.8 .099 .104 5
Ao /Ay = 0.50|1.41 .09 .055 12
1.82 .0k0 .01 2.5

The theory overestimates the drag coefficient in spite of the fact that
it underestimates the cowl pressures because too large a frontal area is
assumed for the initial portion of the cowl in these cases. The experi-
mental measurements also substantiate the following predictions:

1. The pressure at the cowl lip corresponds to that downstream of a
two-dimensional oblique shock wave created by the lip deflection angle.

2. The pressures on the rear of the cowl approach asymptotically
the value for a cone with the same slope. (This is true for all
mass-flow ratios. ) '

3. An expansion about a discontinuity in surface slope is a Prandtl-
Meyer expansion. At reduced mass-flow ratios, the Mach number ahead
of the corner is determined by the local static pressure and the
total pressure behind the normal shock wave,

At a Mach number of 1.33, the theory predicts the pressure on the cowl
lip as well as it does at higher Mach numbers, but at Mg = 1.17 the
experiments show that the pressure is overestimated. At lower supersonic
Mach numbers this tendency increases. It is therefore concluded that the
lower limit at which the linearized theory should be applied is a Mach
number of about 1.2. '

Warren and Gunn in reference 168 have extrapolated Ward's first-
order theory for conical cowls to small values of the ratio of inlet-to-
maximum area. The effect is to reduce the overestimation of wave drag
shown in the previous table. Their method can be.slightly improved at
low values of A2/AM and Mp by using exact values for the drag of cones
(Ao/Ay = 0) and calculations from second-order theory to indicate more
closely the proper trend of the extrapolation. Results from such a pro-
cedure are shown in figure 1l. (Drag coefficient is based on maximum frontal
area,. )

CONFIDENTIAL



NACA RM A55F16 CONFIDENTTIAL 61

External profile.- From considerations of strictly supersonic f£light
with inlets having no spillage, the linearized theories have been used to
determine the optimum profile of axially symmetric bodies from the stag-
nation point to the position of maximum diameter. Ward (ref. 169) con-
cluded that the profile is very nearly a straight line, that is, a straight
conical taper. Jack (ref. 157) calculated the drag of several profiles
for a conical~shock inlet at a Mach number of 2.0 and found that less drag
was produced by a conical taper than the curved profiles. Using more exact
methods and imposing certain restrictive conditions, Ferrari (ref. 160) and
Parker (ref. 162) have found that the optimum profile is curved. Similarly,
Walters (ref. 150) and Howell (ref. 170) have applied the transonic-area-
rule concept to the design of bodies with nose.inlets and have found that
the method suggests a curved profile and does produce low drag. The method
is to add the longitudinal area distribution of a minimum-drag solid body
and the area of the engine-air streambtube to obtain the area distribution
of the minimum~drag ducted body. Not only did this method produce a lower
drag at full flow than the other bodies which were tested, but also it is
stated in reference 170 that more cowl suction force is obtained at reduced
mass flow. However, the improvement in this regard is of small magnitude
in terms of airplane drag coefficient.

In order to compare these proposed optimum shapes, calculations have
been made for Mach numbers of 1.4 and 2.0 for practical nacelle shapes
with ratios of inlet-to-maximum area of 0.16 and 0.36 and fineness ratios
of 3 and 6. (As shown by the data of reference 76, fineness ratios less
than 3 create large drag. Fineness ratios greater than 6 are so slender
that small differences in profile have a negligible effect.)

Minimum-drag coefficients based on maximum cowl area for two
optimum cowl shapes

Mg = 1.k Mo = 2.0
Shape Ap/hy = 0.16 | Ap/hy = 0.36 | Ap/AM = 0.16 | Ap/Ay = 0.36
1/ay=3]1/ay=6{1/am=3]1/ay=6{1/dy=3|1/dy=6|1/dy=3[t/An=6

Conical 0.059 | 0.019 | 0.032 | 0.010 | 0.049 | 0.016 | 0.025 | 0.009

Parker .056 ,016 .031 .009 .048 .01k .025 .008
(Ref. 162)

To indicate the differences in shapes, the radii of three minimum-drag cowls
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are compared with the conical cowl in sketch (17). This comparison shows
that both the differences in drag and radius distribution are small for
these low-drag shapes, and it is concluded, as in the case of optimum

10
Kdrmdn profile, ref. 171 Parker, ref. 162 e
with area rule —\ Mo=14ld -
8 S
=
= Lx— “—{3/4 power body, ref 171
with arec rule
6
L
R
4 .
Ap/Ay=39
dg 4.71
2
o A 2 3 4 5 6 7 8 9 10

/1
Sketch (17)

s0lid bodies (see refs. 171 and 172), that there is little difference no
matter which shape near the optimum is selected. For most practical pur-~
poses the conical cowl is the optimum shape.

Warren and Gunn (ref. l68)_have presented charts for the optimum
angle of conical taper and the corresponding drag coefficient (including
skin friction) as functions of Mach number, skin-friction coefficient,
and area ratio. For a given area ratio, an optimum conical angle exists
because the less the angle the smaller the wave drag but the greater the
skin-friction drag. Charts resulting from the altered calculations men-
tioned on page 60 are shown in figure 12, and they show that for a given
area ratio and skin-friction coefficient, an increase in Mach number
increases the optimum angle and decreases the drag coefficient. However,
the differences about the optimum are small.

For high-performance conical-shock inlets without internal supersonic
compression, it is not possible to use a straight conical taper of near-
optimum angle from the 1lip leading edge because insufficient lip thickness
is available in which to enclose the required duct area and turn the flow
back to the system center line. It is therefore necessary to camber the
lip to meet the deflected streamline and have a curved external surface.

The calculations of Ferri (ref. 13) indicate that it is better to expand
and turn the flow in the immediate vieinity of the lip than to distribute
the expansion along the length of the cowl. The position of the lip leading
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edge is of little importance in regard to external drag; but, as discussed
subsequently, it is of great importance in regard to net drag because to
avoid the large force that can result from additive drag the lip should
Jjust intersect the oblique shock wave from the cone apex.

Additive drag.- As described in the section on definitions (p. 12),
additive drag represents the momentum difference in the engine-flow stream-
tube between the inlet and the free stream when no aircraft components,
other than those of the air-induction system, interfere with the stream-
tube. The simplest example of additive drag is that of an open-nose inlet
at reduced mass-flow ratio; the additive drag is the pressure integral along
the diverging streamtube between tbe external normal shock wave and the
stagnation point on the inlet lip. This drag component can be calculated
by the formula derived by Sibulkin (ref. 173) which is plotted in figure 13
for drag coefficient and mass-flow ratio based on capture area. Comparison
with experimental measurements (see refs. 146 and 173) substantiates the v
reliability of these predictions. Since the table on page 53 shows that
a rough value for the ratio of inlet~to-wing area is 0.01l, the additive
drag coefficient can, as an example, represent 0.0020 in airplane drag
coefficient at a mass-flow ratio of 0.8 and a Mach number of 1.4. This
force, particularly at lower mass-flow ratios and higher Mach numbers,
therefore, can be an appreciable part of airplane drag, and, for efficient
flight at supersonic speeds, the operating mass-flow ratio must be near 1.

For a conical-shock inlet or one utilizing a wedge-type ramp, the
pressures on a diverging streamtube ahead of the inlet (see sketches (16b)
and (16c)) are, of course, affected by the shape of the precompression
surface, and the problem of predicting additive drag is more complicated
than for a simple open-nose inlet. Sibulkin (ref. 173) has studied the
conical-shock inlet with supersonic inlet flow and presents the charts
shown in figure 14 for the additive drag coefficient and mass-flow ratio
based on capture area. The variation of cowl-position angle o3 (see
sketch (18)) with mass-flow ratio is also shown. The charts show that,

(a) gy= ¢ (b) o<
Sketch (18) _
other factors being constant, the additive drag coefficient increases with
cone angle, and, contrary to the normal-shock nose inlet, the additive
drag coefficient decreases with increasing Mach number. For conical~-
shock inlets in which the flow at the inlet is not supersonic (sketch (18)),
Sibulkin in the same reference has studied the effects of the center body
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and of the assumed pressure recovery. The results show that the additive
drag coefficient for these conditions at given values of cone angle, mass-
flow ratio, and Mach number can be either greater or less than that of a
normal-shock inlet, depending upon the location of the 1lip relative to

the conical shock wave. If the 1lip is close to the oblique shock wave

at maximum mass flow (o7 = @) as shown in sketch (18a), the additive drag
coefficient is high because the deflected streamtube is subjected to the
pressure behind a normal shock wave occurring at stream Mach number. How-
ever, if the lip is far behind the conical shock wave (sketch (18b)), for
a reduced mass-flow ratio the pressure on the streamtube is not as great
as in the former case because of the weaker normal shock wave. In comparing
predictions with experiment, Sibulkin has found good agreement for this
form of spillage. Wyatt (ref. 12) has compared the additive drag coef-
ficients resulting from reduced flow of the three possible types as shown
in sketch (19). Thus, from the standpoint of drag, it is evident that air
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should not be spilled from beind a normal shock wave, and, as Sibulkin
points out, for flight Mach numbers below the design value (01= ®), it is
desirable to increase the center body projection (translating-coneninlet,
p. 50) to maintain supersonic flow at the inlet. For a two-dimensional
inlet with a precompression ramp the additive drag can be calculated from
momentum relationships as has been done for conical-shock inlets.

Change in external wave drag.- When mass~flow ratio is reduced below
the maximum value, the pressures on cowls change because the inclination
of the flow with respect to the lip leading edge changes. Because of the
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greater inclination of the local streamlines, the cowl pressures decrease,
thereby creating an incremental suction force that is in the thrust direc-
tion. As shown, for instance, by Fradenburgh and Wyatt (ref. 1k4), at

subsonic speeds this 1lip suction force counterbalances the additive drag

if the flow remains irrotational. However, at supersonic speeds, the

presence of shock waves causes rotational flow and this balance of forces
cannot be accomplished. Several investigators have presented analyses of

the change in cowl pressure forces with decreasing mass-flow ratio. %////
Fraenkel (ref. 174) has studied the problem as applied to normal-shock

inlets using momentum methods, but experiment shows that the predictions
underestimate the cowl suction force at mass-flow ratios above about 0.6

even though the cowls tested had sharp lips. (See refs. 146 and 167.) L////
The analysis of Graham (ref. 175), which includes an allowance for 1ip
thickness, agrees with that of Fraenkel for mass-flow ratios greater than

0.8. Griggs and Goldsmith (ref. 146) use the analysis of Moeckel (ref. 176) v
to predict some portion of the 1lip suction force, but since the whole cowl

is not considered, this method also underestimates measured suction forces.
Figure 15 presents a compilation of experimental data and a comparison

with the prediction of Fraenkel. (Drag coefficient is based on inlet area,

and the increment of mass-flow ratio A(m/mM) is 0.3 corresponding to a

change in mass-flow ratio from 1.0 to 0.7. It is assumed that the varia-

tion of drag coefficient is essentially linear over this range.) The data

of references 146 and 167 represent pressure-distribution measurements and, Lﬁ’/
for the more slender cowl (Ap/Az = 2.0), the predicted decrease in avail-

able cowl suction force with flight Mach number is fairly well substanti-

ated. For the larger cowl angle (AM/AE = 4.1), however, much more total
suction force is recovered; the pressure measurements show that the suc-

tion pressures are less in magnitude than those on the thinner lip but

they act on a greater frontal area. This increased suction force at low
mass-flow ratios is at the expense of greater drag at a mass-flow ratio

of 1. The remaining data represent the results of force-test measurements,

and they show considerable scatter, as would be expected since the accuracy

in determing this relatively small force component is not so good as with
pressure measurements. These results tend to substantiate the conclusion

that blunt lips can recover more suction force than sharp lips.

Lip bluntness.~ Much of the previous discussion on drag at supersonic
speeds has been concerned with thin, sharp lips on which shock waves would
be attached at maximum mass flow. However, since such 1lip shapes cause
large total-pressure losses at the high mass-flow ratios encountered in
low-speed flight, the penalty in drag at supersonic speeds resulting
from bluntness must be known in order to resolve the necessary compromise.
As pointed out by Graham (ref. 175), it is to be expected that the maximum
cowl suction force attainable is limited by lip bluntness; that is, for
a given ratio of inlet-to-maximum-cowl area, above some degree of bluntness,
high pressures on the large frontal area at the leading edge more than
counterbalance the incremental suction force caused by expansion of the
flow over the relatively small frontal area between the 1lip and the
maximum cowl diameter.
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Fraenkel has studied the problem of 1lip bluntness when la(mg/mo)M=1°O

(ref. 167) by assuming that the drag of the profile is that of an isolated

1lip plus a small component due to the expansion behind the lip acting on
the downstream profile. These assumptions tend to limit the analysis to
relatively blunt lips. By evaluating a factor empirically, a design chart
was obtained. Comparison of these results with other experiments produces
no reliable correlation. The experiments of reference 23 show that with
an inlet of Ap/Ay = 0.185 and a lip of (r/R)2 = 1.17 there is no more net
drag than with a sharp lip at mass-flow ratios above 0.8 at supersonic
speeds. At the high-mass-flow ratios of low-speed flight, this lip causes
about half as much loss in total-pressure ratio as does a sharp lip

(fig. 5). The tests also show that the net drag changes little to angles
of attack of 5°.

From the discussion of lip shape in regard to pressure recovery and
drag, it appears that a reasonable 1lip profile for supersonic aircraft
(flight to a Mach number of 2.0) is elliptical on the internal surface
with (r/R)#=1.15 and a/b= 3.6 (see fig. 5) to provide acceptable pres-
sure recovery in low-speed flight. The profile is straight on the external
surface with the angle between the surface and the approaching flow direc-
tion about 3° for the least wave drag in supersonic flight. For inlet
areas of 2 to 5 square feet, the thickness behind the leading edge of such
a lip would be from 1 to 1-1/2 inches.

Net wave dragl®.~ The previous discussion of drag has been largely con-
cerned with relatively idealized configurations. For air-induction systems
which are complicated by the necessity of many design compromises, accurate
predictions of net drag can be made only for quite restricted conditions.

18Because of the contraction between the lip leading edge and station
21, it would be expected from one-dimensional considerations that (mg'/mo)M
would be greater than 1. The experimental evidence of Fraenkel for rela-
tively blunt 1lips indicates that compression due to contraction is hardly
realized and the maximum mass-flow ratio is very nearly 1. Mossman and
Anderson (ref. 23) found that for less blunt lips nearly the full effect
of the contraction is attained. This result is confirmed by recent work
of Trimpi and Cohen (NACA RM L55C16).

12 Mhe experimental determination of net wave drag by means of direct
force measurements and total -~-pressure surveys is a difficult procedure
because several very accurate measurements must be made to obtain reliable
values. It is possible to determine this force in supersonic flow from
schlieren or shadowgraph photographs by calculation of the entropy rise
or momentum change through the external bow shock wave. However, accurate
evaluations by this method also reguire considerable care. Descriptions
and studies of the method are presented in references 178 through 181.
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For instance, as shown in sketch (20), the rises in net drag with decreasing -
mags-flow ratio for the vertical-wedge inlet of reference 182 and the
inlet with a flow deflector of reference 26 are considerably different.

1.6 T
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Mass-flow ratio, my/my
Sketch (20)

These inlets are similar in that both had a wedge-type precompression

surface; the flow-deflection angle for the vertical-wedge inlet was 8°

eand that of the flow-deflector inlet was 6.5°, However, the inlets were
otherwise entirely different. At mass-flow ratios above 0.7, the drag rise

of the two differ by a factor of about 2. The estimations of Sibulkin

(ref. 173) and of Fraenke% Sref. 174), which take no account of the pre= L
compression surfaces or of skin friction, apparently predict the drag of

the flow-deflector inlet very well. However, account must be taken of

the precompression surface to predict the drag of the vertical-wedge inlet.
Obviously, the theories cannot be relied upon to predict the drag at low
mass-flow ratios of such distorted inlet shapes. However, in normal

operation, supersonic aircraft must avoid low mass-Tlow ratios because of

the large additive drag force (or, at least, air should not be spilled

from behind a normal shock wave). For mass-flow ratios of about 0.9

and greater the incremental drag due to a reduced mass flow is not a large

force, and the significance of the error in estimating it is correspondingly
reduced. Therefore, the following simple formula of Fraenkel (ref. 1T74) p////
for the net wave drag of open-nose bodies at zero angle of atfack is
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possibly useful for estimating the drag of slender complicated configura-
tions at high mass-flow ratios.

(py - Po)(A2 - Ao) Ap /P31 - Do mp
(27)
and
dCp
- _ e <%§ - ;) (28)
d(mz/mo) do

(Here pi1 1is the static pressure behind a normal shock wave.) Thus,
according to this estimation, net wave drag is the sum of the external
wave drag of the cowl with no spillage and the product of the relative :
static pressure behind a normal shock wave (pl - Do) and the annular fron-
tal area of the diverging streamtube (A - Ag). The expression is a linear
function of mass-flow ratio. ©Since there is little difference in the
slopes of curves of additive and net wave drag coefficients with mass-~
flow ratio at mass-flow ratios above 0.8 according to Fraenkel, cowl
suction force is of no consequence in this range for slender cowls. How-
ever, as indicated in figure 15, a sizable portion of the additive drag
can be counteracted with blunt cowls and, if the high drag of these cowls
with no spillage is acceptable, cowl suction force should, in this case,
be taken into account.

FLOW STEADINESS

In the operation of air-induction systems, unsteady flows limit
propulsion-system performance for several reasons - duct rumble, that is,
noise and vibration from the system which disturb the pilot, fluctuations
which cause structural fatigue, or fluctuations which affect engine
operation. In the following section, flow steadiness is discussed as a
basic property of alr-induction systems as was pressure recovery, flow
uniformity, and drag previously. In this discussion, however, some con-
sideration is given to interference from other aircraft components because
unsteadiness in the engine flow often arises on account of the boundary
layer from other surfaces.

Subsonic Flight

Choked flow.- In low-speed flight with a fixed-area inlet designed
for high-speed flight at altitude, the mass-flow ratio can be large
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enough to choke the inlet. Aside from the low total-pressure ratio and
nonuniformity associated with this condition, it must be avoided because
of flow unsteadiness. The results of Blackaby and Watson (ref. 72) show
that at zero forward speed with a sharp-lip inlet, fluctuations as large
as 8 percent of the ambient pressure occur at frequencies up to about

200 cycles per second at mass-flow ratios mg/mg* above gbout 0.6. Such
unsteadiness was reduced both by increasing either the Tlight Mach number
or the radius of the inlet lip. The results of Milillo (ref. 73) in tests
at zero forward speed indicate large nonuniformity in the diffused flow,
differences in local total-pressure ratio of as much as 0.10, for inlets
with rounded lips Jjust prior to choking. Thus, both flow unsteadiness
and nonuniformity are to be expected in operation near choked conditions.

Duct rumble.- Several aircraft in flight at high subsonic speeds
have encountered duct rumble. So far as is known, operation has been
affected only by the noise and vibration which are sufficient to disturb
the pilot so that the conditions under which they occur are consciously
avoided. The phenomenon has been reported only with air-induction systems
having side inlets and is apparently the result of interference with the
approaching boundary layer. The tests of Mathews (ref. 183) on an under-
slung scoop for the cooling air of the engine of a propeller-driven air-
plane indicate that duct rumble was due to flow separation ahead of the
scoop. The separation was apparently caused by external compression
resulting from a low inlet-velocity ratio. The rumble was eliminated by
increasing the inlet-velocity ratio through a reduction of the inlet area
and by relieving the flow through the boundary-layer gutter by increasing
its depth. An air bypass which increased the inlet-velocity ratio was also
a successful means of avoiding the rumble. Similarly, referer
reports duct rumble at inlet-velocity ratios less than 0.4 at fllght Mach
numbers from 0.65 to 0.92. Twin-duct instability is suggested as the
cause of the rumble; upstream separation at the low inlet-velocity ratios
was probably the cause of the unsteady nature of the instability. Other
instances of duct rumble have been encountered, but descriptions of them
have not been published.

Since availaeble evidence indicates that duct rumble is generally
caused by boundary-layer interference, it can be avoided by removing the
boundary layer from the influence of the compression field or by reducing
the compression field through an increase in mass-flow ratio. (Methods
of boundary-layer removal are discussed later under INTERFERENCE.) Duct
rumble is to he expected when the static-pressure gradient in the external
compression field is sufficient to separate a turbulent boundary layer.

In two-dimensional subsonic flow a rough design criterion regarding tur-
bulent separation is that it can occur in positive pressure gradients

when the loecal velocity is less than two-thirds of the initial velocity.
However, larger pressure rises have been observed with air-induction-
~ystem installations possibly because the flow was three-dimensional or
because the gradient was small. The boundary-layer surveys immediately »
shead of the inlets described in references 185 and 186 show that without
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boundary-layer removal an approaching boundary layer thickens rapidly

and separates at inlet-velocity ratios less than about 0.6. With some
boundary-layer removal this rapid thickening occurs at inlet-velocity
ratios less than about 0.4. These figures can be used as rough indications
of when duct rumble might be expected.

Twin-duct instability.- Martin and Holzhauser (ref. 187) have studied
the stability problem of the flow through ducts from symmetrical twin
intakes emptying at a juncture into a common chamber as shown in sketch (21).
From the assumption that the static
pressure Jjust downstream of the Jjunc-
ture (which is here called station 3)
is uniform across the common duct, it

S o is demonstrated that for a variation
jL//’,,/’“‘— \ of recovered static pressures as shown
A=\ in the sketch the flow is unstable at
— \\ inlet-velocity ratios of the system

P3~Po

q less than that for maximum static-
o

pressure recovery. That is, if the
0 o 3 two ducts initially operate at the
i l joint inlet-velocity ratio correspond-
‘=:%§§§EE::::] ing to point s, a small disturbance
which causes an increase in inlet-
velocity ratio in one duct causes the
flow in that duct to increase to point
Vp/ Vo a and that in the other duct to
decrease to point b. From the con-
tinuity relationship in incompressible
Sketeh (21) flow, it is evident that

V2 /Vo)g + (V2/Vo)
(Va Vo), = (V2/Vo ; 2/Vo)b (29)

Thus, as a result of the continuity requirement and the assumption of uni-
form static pressure at station 3, it is apparent from simple geometry
that operation below the inlet-velocity ratio for maximum recovery is
possible either at s or at a and b. However, if s is above the
maximum, operation is possible only at the joint inlet-velocity ratio.

For these events to occur it is necessary that the shape of the curve be
similar to that of the sketch; that is, the negative slope at high inlet-
velocity ratios must be greater in absolute magnitude than the positive
slope at low inlet~velocity ratios. The assumption of uniform static
pressure has been found from experiments to be realistic, and the shape

of the curve has also been found to be typical of those of twin-scoops
into which boundary layer flows. If two nose inlets or scoops with com-
plete boundary-layer removal were used, the slope of the curve would not
reverse; it would decrease from an inlet-velocity ratio of zero. Unstable
flow could then not occur. From the sketch it can be seen that if the

CONFIDENTIAL



NACA RM A5S5F16 CONFIDENTTAL 71

joint inlet~velocity ratio is sufficiently small, the point b would be
at an inlet~velocity ratio of zero. A disturbance in duct a that then
reduced the static pressure at 3 would cause a reversal of the flow
through duct &a -~ a phenomenon that has been observed.

Since the static-pressure-recovery curve does not have a sharp peak
in actual flow, unsteadiness can be expected if the point s 1s in the
region of zero slope because disturbances in either duct could cause one
and then the other to operate at the high and then the low inlet-velocity-~
ratio conditions. The magnitudes of the disturbances and the slopes
determine how close to the peak s would have to be for such unsteadiness
to occur. If s were below some limit, the operation would be stable
at a and b.

Since all the conditions which lead to twin-duct instability and
unsteadiness in subsonic flight can exist at supersonic speeds, these L/,/”
difficulties can also occur as demonstrated in reference 188, and systems
should be designed to avoid them. A method of reducing twin-duct inter-
action in an air-induction system for supersonic aircraft is reported in
reference 130. The wall between two ducts upstream of the junction was
perforated to equalize the static pressure and enable crossflow to pro-
vide viscous damping.

Supersonic Flight

Causes of unsteadiness.~- Unsteady flow in air-induction systems
occurs more readily in supersonic than in subsonic flight essentially
because larger positive pressure gradients are encountered which separate
the flow. Unsteadiness occurs either at subcritical mass-flow ratios or
~at the very low total-pressure ratios of operation far in the supercritical
regime. The design problem is to maintain steady flow through a range
of mass-flow ratios sufficient to satisfy all engine operating conditions.

Unsteadiness has been observed to occur in a variety of situations
some of which are illustrated in sketch (22). The first two examples are

m

/Reunachment

(o) (b) {c)

Line of velocity discontinuity
e Separated flow ’

Sketch (22)
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those described by Ferri and Nucci in reference 50. Here, the velocity
discontinuity downstream of the intersection of an oblique shock wave and
the terminal normal shock wave enters the inlet as a result of the normal
shock wave moving forward due to a reduction in mass-flow ratio. Since
the total pressure and velocity are less in the streamtube on the outside
of the line of discontinuity, subsonic compression tends to bring this air
to rest sooner than it does the high~velocity streamtube next to the
center body. When the local Mach number behind the oblique bow shock

wave is near 1.0, as it should be to avoid significant shock-wave boundary-
layer interaction, the velocity difference across the discontinuity is
large, and the velocity of the outside streamtube approaches zero in the
duct while that of the inside streamtube is still high. Unsteady flow
results when the line of discontinuity just crosses the lip because a
large percentage growth in streamtube area of the low velocity stream
occurs while a uniform static pressure is maintained across the discon-
tinuity. Even though the contraction of the high-velocity stream is small,
1t is sufficient to choke the major portion of the flow because of the
high local velocity, and air must be spilled. Once this happens, the
pressure recovery decreases, which tends to draw the flow back to its
original position, choking again occurs, and the cycle repeats. This
explanation is obviously oversimplified because the effects of viscosity
are ignored; neither turbulent mixing across the line of discontinuity

nor the presence of a boundary layer is considered. The experiments

which were reported with this explanation show that an entry section which
is sufficiently long to permit mixing to reduce the velocity discontinuity
provides an increased range of steady subecritical mass-flow ratios. When
separation occurred on the central body as shown in sketch (22b) in these
tests, it was found that unsteadiness occurred as the mass-flow ratio was
reduced when the velocity discontinuity from behind the lambda shock
approached the lip from the inside. When separation was prevented by
boundary-layer removal, unsteadiness resulted only from the prior explana-
tion. It was concluded from this study that unsteadiness can be avoided
by positioning the external compression surface so that the line of veloc-
ity discontinuity cannot move across the 1lip for the range of flight con-
ditions of interest s0 long as extensive separation on the compression
surface is also avoided.

The results of references 51 and 189 show the importance of separa-
tion, as illustrated in sketch (22c), as a source of unsteadiness and
indicate that factors other than lines of velocity discontinuity must be
considered. It is shown in reference 51 that a conical-shock diffuser
with a 25° semicone angle and a 6° equivalent conical subsonic diffuser
has a very small range of steady suberitical flow even though the relation
of the lip to the oblique bow shock wave is changed. The same inlet,
however, with a length of duct-entry section of 3.5 hydraulic diameters
always had a much wider steady range. Since there was separation on the
cone surface throughout the subscritical mass-flow range in these tests,
it is apparent that this and the duct shape can be dominant causes of
unsteadiness. When the duct did not have an entry length of small pressure
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gradient sufficient to permit the boundary layer to reattach and recover
a profile that could withstand subsequent compression (H < 1.8), unstead-
iness resulted. This conclusion is substantiated by the results of
references 111 and 190 in which unsteadiness was eliminated by forcing

a separated boundary layer to reattach by suction. Also, the results of
reference 128 show that relatively small irregularities in area distribu-
tion in the entry section of a duct in which the pressure gradient is
positive can have serious consequences in reducing the range of steady
flow.2° Additional data, on the flow unsteadiness in one scoop-type air-
induction system, are reported in reference 191.

Character of unsteadiness.- The wind-tunnel tests of reference 192
for an air-induction system without an engine showed flow unsteadiness
after diffusion with a frequency of about 20 cycles per second and ampli-
tudes as great as 30 percent of the local static pressure. The quantities
are, of course, dependent upon the particular design and also upon engine
operating conditions. Reference 193, for instance, shows that for a

ram-jet engine the effects of approaching flow unsteadiness are attenuated

by an increase in the pressure drop across the flame holder and that an
increase in engine total-temperature ratio can amplify the pressure fluc-
tuations. With a turbojet engine controlling the flow through a conical-
shock inlet, Nettles and Leissler,; reference 31, found that the engine
steadied the flow through the inlet. Both the range of steady operation

and the intensity of fluctuations were less with the engine operating than

with the flow controlled by a choked exit plug. In fact, in the latter
case the fluctuations built up to a violent level in certain ranges of
unsteadiness; whereas with the engine controlling the flow, the inlet
could be operated through the same range of mass-flow ratios without dif-
ficulty. Since, in general, flow unsteadiness from the air-induction
system causes reduced performance with the degree of permissible unstead-
iness dependent upon the refinement of the engine, the requirement in
air-induction-system design is to provide steady flow to engines over the
needed range of flow conditions. Thus, the detailed nature of flow
unsteadiness is of interest only insofar as it shows when serious unstead-
iness is to be expected or what parameters are effective in alleviating
adverse effects.

Several investigations of unsteady internal flows have been reported.

(See refs. 38, 194, 195, and 196.) The theoretical and experimental study
of Trimpi, which analyzes the problem by considering traveling plane waves,

indicates that the frequency of the flow oscillation decreases as the duct
length increases. The frequency is also affected by mass-flow ratio,

increasing somewhat with decreasing mass flow. Probably the most important

201n the tests reported in reference 123, the models used had small
irregularities in area distribution near the duct entry, but the range
of steady mass-flow ratios was large. The cause of this difference was
that in this latter case the pressure gradient through the duct entry
was slightly negative or zero.
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conclusions are those related to the origin of the unsteadiness. It was
found that the relation between the time rates of change of entering mass
flow, of boundary-layer growth at the inlet station, and of the instan-
taneous value of entropy averaged across the inlet was the critical factor
causing unsteadiness. Further, it was shown that, although waves caused
by changes in engine thrust can move the shock pattern to a position at

.which unsteadiness might arise, the disturbance which initiates unsteadi-

ness originates near the entrance and need not be sufficient to choke the
flow. The experiments of references 194 and 195 indicate that the magni-
tude of unsteadiness as caused by a line of velocity discontinuity cross-
ing a 1lip (sketch (22a)) is less than that caused by separation of center-
body boundary layer (sketch (22¢)). Since numerous inlet configurations
were investigated in references 194 and 195, it is possible that this
result could have some generality. -

Prevention of unsteadiness.- The obvious method of avoiding flow
unsteadiness is to operate a propulsive system only at mass-flow ratios
near or slightly above the critical with an inlet designed so that a line
of velocity discontinuity does not cross the lip and so that serious
boundary-layer shock~wave interaction is avoided. The fact that this can
be accomplished with a fixed-area inlet for a relatively wide range of
Mach number variations has been demonstrated in reference 50. However,
for operation through a wide ramnge of Mach numbers, altitudes, and power
settings, one of the variable systems described previously would be
required to maintain nearly a constant mass-flow ratio. Since this remedy
is accompanied by the addition of weight and complication, other methods
of avoiding unsteadiness can be more desirable. From the discussion of
the causes of flow unsteadiness, it is apparent that the difficulty can
be delayed by reducing severe velocity discontinuities and adverse pres-
sure gradients in the entering flow. However, if these must occur, the
effects can be minimized by giving the flow an opportunity to re-estsblish
a more uniform high-energy profile that can withstand additional compres-
sion. As shown by references 51, 111, 190, and 197, this can be accom-
plished by removing boundary-layer air or by providing sufficient distance
for turbulent mixing to re-energize the flow. The latter method has been
investigated by providing a long entry section of very nearly constant
cross-section area. The increase in the range of steady subcritical mass-
flow ratios that can be accomplished by this method is shown in sketch (23)
which is reproduced from the data of reference 51. For the models tested,
the flow was steady through the mass-flow range at a Mach number of 1.5.
However, there was an appreciable loss in meximum pressure recovery at
this Mach number as entry length was increased because of the high local
Mach number at the inlet and the associated increase in friction losses.

The previous discussion of steadiness has been concerned only with
conditions at zero angle of attack. It is, of course, necessary to main-
tain steady flow for satisfactory engine operation during meneuvers. In
the tests of conical-shock inlets of reference 50, the steady range of
mass~-flow ratios was small at zero angle of attack, and it was slightly
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greater at angles of attack up to 99. A similar result was found in the
tests of reference 51 for conical-shock inlets which had small steady
ranges at zero angle. However, when a long entry passage was added to
provide a wide range of steady operation at zero angle of attack, there

was an abrupt reduction in the steady range at angles of attack from 3°

to 5°. At higher angles there was little difference between the inlets
with the long and short entry sections. A tilting cone on a conical-

shock inlet to provide improved steadiness at large angles of attack is y////
reported in reference 129. At an angle of attack of 10°, with the cone k
at 0° angle of attack, steady flow was maintained to a mass~flow ratio of
0.4; with the cone and cowl at 10° angle of attack, the minimum steady
mass-flow ratio was 0.9. In reference 198 tests of conical-shock inlets
with booms protruding from the center bodies are described. An increase

in angle of attack to 10° reduced the range of steady mass-flow ratios

by 25 percent. Interaction between shock waves and the boundary layer

on the booms was the cause of this large decrease.

Other investigations have demonstrated methods of improving flow V///
steadiness to some extent. References 197 and 199 show small increases .
in the steady mass-flow ratio range (0.06 in ref. 197) as a result of the yf’/
internal contraction with a blunt lip. Ref&Fénces 197 and 200 show that

removal of the boundary layer from the center body of a conical-shock

inlet reduces unsteadiness, with the greater effectiveness occurring when
removal is upstream of the terminal normal shock wave. In fact, at an

angle of attack of 0° an improvement of 0.16 in the range of steady mass- b///
flow ratio was attained Qﬁggéwégl), but it decreased with increasing angle

of attack. Although these and most of the previous references are con-

cerned with conical-shock inlets, the principles of design for providing
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V// steady flow are the same for other types. (See, e.g., refs. 188, 190,
zj) 191, 199 through 202.) m—
¢ — 20|

i

INTERFERENCE

The purpose of this section is to discuss the aerodynamic factors
other than those of the induction system itself which affect design; it
is entitled "INTERFERENCE" because the changes in the forces due to com-
bining an air-induction system and other aircraft components are considered.
The section is divided into two principal parts:

1. The interference of aircraft flow fields with those of induc-
tion systems - the induced effects of body shape, angle of attack,
and the viscous effects of forebody boundary layer.

2. The interference of air-induction-system flow fields with
other aircraft components -~ the effects of induction systems on
aircraft drag, 1ift, and pitching moment.

The type of factors involved are illustrated in sketch (24). Here, the

e — T i
i — e — NE--..
I L s oo om e
—m g \l\

Sketeh (2L)

the performance of an under-wing nacelle is affected by
1. Bow shock wave of the fuselage
2. Velocity increment at inlet due to fuselage pressure field

3. Shock wave from wing leading edge
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4. Velocity increment at inlet due to wing pressure field
5. Uniformity of the flow velocity at the inlet
The performance of the other aircraft components is affected by

l. Interference of pressure field of engine streamtube with the
wing and fuselage boundary layers and pressure fields

2. Interference of pressure field of engine fairing with the wing
and fuselage boundary layers and pressure fields

Obviously, the problems of interference are complicated, and quantitative
evaluation requires experimental studies of specific configurations.
However, an induction system that must be placed in the flow field of
another object can either benefit or suffer from the resulting interference,
and careful consideration must be given to the conditions of shape and
position in order to produce favorable effects. (See, e.g., ref. 203.)

ATRCRAFT-INDUCTION SYSTEM

Effects of Inlet Location 100
. . . 98 \ ~_ Fuseloge station
Subsonic flight.~ From the 2 ~~_in inches |
standpoint of pressure recovery at 2 96 \%4.25'
the inlet, the best longitudinal ® M2 08 \Qtr 2200
position of an inlet is in the stag- 2 o4 0 5075
i [ \ .
nation region near the nose of a body ¥ \ ’
because the local Mach number is low <L 92 u
and any external compression result- ;o'_ !
ing from a mass-flow ratio less than .902 3 4 5 5 7 8 39.0(': o
1l is essentially isentropic. As an : ) : : : : : : :

inlet is moved aft along the body, Free-sireor{lu;wach number, Mo

the amount of boundary layer flowing

through it increases with a resulting 1.3 — v

N . . a=0 \
reduction in total~pressure ratio. Mo=0.875 10
This direct effect of low-energy 1.2 N

boundary-layer air is normally not
large in subsonic flight, but second-
ary effects, flow nonuniformity and
unsteadiness, can be very important

Wing

o
_kwyﬁ._x_ I

Free-stream Mach number, M

at mass~flow ratios of the order of Fuselage \
0.5. The effects on total-pressure 9 A Y\ *
ratio of moving an NACA submerged JIA S i 20
inlet operating at a mass-flow ratio 850 20 30 40 50 60 70 80
of 0.8 aft along the fuselage of a ' Fuselage station, inches
wing-fuselage combination is shown in (b)

sketch (25) together with the local Sketch (25)
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Mach number distribution along the fuselage. These results were taken
from the data of references 204 and 205. At flight Mach numbers less
than 0.3, there is essentially no effect of moving the inlet aft. The
greater boundary-layer thickness at the rearward stations becomes impor-
tant at a Mach number of about 0.5, and at Mach numbers above about 0.7,
it becomes of great importance at the most rearward station. Here, the
total-pressure ratlio decreases rapidly at high subsonic Mach numbers
because of both the high local Mach number illustrated in sketch (25b)
and the thick boundary layer. The most rearward location is in the pres-
sure field of the wing, and at a flight Mach number of 0.9, the local Mach
number at the inlet is supersonic (M =1.22). Thus, pressure fields with
large induced velocities should be avoided.

A method for estimating the velocities in two-dimensional combined
subsonic velocity fields is discussed in reference 206. Superposition is
assumed to be valid and the resulting relationship is

Viocal =1+ (éylocal> <§Vlocai> . (30)

Vo o

where AVy,eg7 denotes the induced velocity increment in incompressible
flow. This method of predicting maximum induced velocity has been com-
pared with experiment for a wing-nacelle combination in reference 207.
Here, the method predicted maximum velocity ratios about 3 percent less
than those measured. To predict the effects of compressibility, the
Prandtl-Glauvert rule can be used for two-dimensional flow.

<Yloca§> <Yloca¥> (31)
compressible Jl - Mo® incompressible

and in the three-dimensional case, the methods of Herriot (ref. 208)
should be used. In terms of pressure coefficient in three-dimensional
flow, v

CPcom;pressible -1 4 In(1 - M%)
CPincompressible ln<%>f + 0.6138
5 .

where t/1 is one-half the body fineness ratio. Herriot points out that
in Jjunctures, such as those between a wing and nacelle, the flow is more

CONFIDENTTAL



NACA RM A55F16 CONFIDENTIAL 79

-

nearly two-dimensional than three-dimensional, and thus the Prandtl-
Glauert rule is a better approximation for this case.

Supersonic flight.- Sketch (26) shows a comparison of flow properties
over a typical body at a subsonic and a supersonic Mach number. If in
the subsonic case the boundary layer is neglected, the total-pressure
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Sketch (26)

ratio of any streamtube sbout the body is 1, and the mass flow per unit
area and the local dynamic pressure change little downstream from a short
distance behind the nose. Thus, from these standpoints, longitudinal
position of an inlet makes little difference. In the supersonic case,
however, there is an initial loss in total-pressure ratio due to the bow
shock wave, in this case 1 percent, and there are subsequent changes in
local flow properties which have important consequences in regard to air-
induction-systems performance. As an example, consider the flow conditions
at x/1 = 0.05 and at x/1 = 0.9 where the local Mach numbers are 1.38

and 1.75, respectively. If no significant radial change in Mach number
through an engine streamtube is assumed, a normal shock wave occurring at
the forward location would create a UY-percent loss in total-pressure ratio
and the loss through the optimum obligue-normal-shock-wave combination
would be 1 percent (see fig. 6). However, at the rearward station, the
normal-shock loss would be 17 percent and the two-shock loss would be '

5 percent. If there were no body, that is, if the supersonic compressim
occurred at the free-stream Mach number, the normal-shock loss would be

14 percent and the two-shock loss, 4 percent. Similarly, from the stand-
point of flow rate per unit area, or inlet size, location in a compression
field is advantageous. From the standpoint of drag per unit area, a
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compression field is detrimental because of the high dynamic pressure.
However, for the conditions illustrated in sketch (22), the greater flow
rate is the dominant factor, and the forward position of the inlet can

be shown to have T-percent-less external wave drag than the rearward
position due to its smaller size. Thus, location can have important
effects on net propulsive force, and it can be beneficial to place an
inlet in the compression field of other aircraft components.

In regard to the effects of the radial velocity field into which an
inlet is placed, Hasel in reference 209 has investigated the problem
experimentally at a Mach number of 2.0. Half-conical-shock inlets were
tested on a flat plate and on bodies of revolution having forebody fine-

- ness ratios of 4.0, 6.5, and 7.5; the total-pressure ratio of an inlet on
the bodies was always less than that of the inlet on a flat plate. When
all of the forebody boundary layer was removed, the maximum total-pressure
ratio attained with an inlet on a body of fineness ratio 4 was 0.08 less
than that with the inlet on a flat plate; this difference was 0.0k with
the fineness ratio 7.5 forebody. About half of these differences could

be attributed to the bow-shock waves and the local Mach numbers at the
inlet stations; the remainder was thought to be due to the differences

in the radial velocity field. Thus, appreciable losses are to be expected
from this cause with forebodies of low fineness ratio.

Since the local Mach number at an inlet determines the magnitude of
the pressure losses through the shock waves used for supersonic compres-
sion, the forebody shape should be selected to minimize this Mach number
without, of course, creating any additional drag. Considerations which
are important are indicated in sketch (27). (See refs. 172 and 210.)
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For forebodies of low fineness ratio, a considerable reduction in local
Mach number can be achieved by using conical, or minimum-drag shapes
rather than an ogive if the inlet must be located upstream of x/1 = 1.0.
For forebodies of high fineness ratio, the differences are smaller; ?he
data. of reference 172 show that for a fineness ratio of 3.0, the Karman
and hypersonic optimum (Newtonian) shapes have at least 20-percent less
forebody drag than the cone and ogive at zero angle of attack at supersonic
Mach numbers up to 2.0. However, these minimum-drag nose shapes have
blunt tips, and, depending upon the size of the engine streamtube, the
loss in total pressure through the locally intense bow shock wave counter-
acts the drag difference. Reference 211, for instance, reports that a
relatively small amount of tip bluntness that had a negligible effect on
minimum drag caused l-percent logses in total-pressure ratio and maximum
mass-flow ratio as compared to a pointed tip. Thus, any specific design
requires study and evaluation of these factors. Because an air inlet at
positions other than the nose intercepts but a small part of the air com-
pressed by the body, the major consideration in choice of body shape is
drag. The design problem is to find the optimum inlet location on a low-
drag body.

Tests of very blunt noses, in which the nose-radius to body-radius
ratio was near 1.0, are reported in references 211 and 212. It was found
that a 4-percent loss in total-pressure ratio was suffered at a flight
Mach number of 1.4 and a 6-percent loss at a Mach number of 1.7 due to
nose bluntness and to the large radial velocity gradients. The minimum-
drag coefficients, as compared to those of bodies with more slender shapes,
were more than doubled. Because of the reduced total pressure and the
overexpansion of the flow behind the juncture of the hemisphere and the
subsequent body, there were also considerable losses in maximum mass-flow
ratio in both investigations.

In the general case, forebodies are not axially symmetric as has been
assumed in this discussion. The theoretical study of reference 213 indi-
cates that small reductions in drag can be produced by axial asymmetry,
and a similar conclusion has been reached as a result of the tests reported
in reference 21k. It is possible that circumferential pressure gradients
and reduced local Mach numbers can be produced by asymmetric bodies that
are beneficial to air-induction-system performance. To date, no studies
of this kind have been made.

Induced Effects of Angle of Attack

Bodies.- In selecting the circumferential position of an inlet on a
body, the induced effects of angle of attack are of primary concern. The
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flow phenomena that must be considered are illustrated in sketch (28).

Potential flow sireamline, ref. 215

M
M,
8 L o 4 ° a>|o°
8ottom,0° Side, 90 Top, 180 Constant total-
Mach number distribution M =1.5 1o 2.0 pressure contours
Ret. 216 Station A-A Ref 217,218

Sketch (28)

It is seen that along the top and bottom of a body in potential flow, the
flow direction is nearly parallel to the body center line (i.e., at the
angle of attack o with respect to the flight direction); whereas along
the body sides the flow inclination is greater, being 20 on a right cir-
cular cylinder. Similarly, the local Mach number is greatest on the body
sides and is least in the forward bottom location. On the leeward side

of the body, the flow is affected by viscosity so that the boundary layer
accumulates in lobes and, at sufficiently high angles of attack, this low-
energy alr leaves the surface of the body as a vortex wake. These general
characteristics of the flow occur at subsonic as well as supersonic speeds.

Several investigations of air-induction systems in the flow fields
of inclined bodies have been made. (See refs. 199, 209, 218, 219, and 220.)
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Typical results are shown in sketch (29) in which the maximum total-
pressure ratios attained are plotted as functions of angle of attack.
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Sketch (29)

Half-conical shock inlets were mounted on a slender, low-drag body at about
the maximum-diameter station, and the height of the boundary-layer diverter

h was varied. The 0.375-inch diverter height h was about equal to the
undisturbed boundary-layer thickness at the inlet station at zero angle

of attack. These results confirm the desirability of the bottom location

in regard to pressure recovery. This would be expected from the reduced
viscous effects and flow angularity relative to this inlet which was

alined with the body axis. The angle-of-attack performance of inlets in

the side location can be improved by use of the flow-deflector principle

(see ref. 26) or by alining the inlet axis with the mean flow directions. e
(See ref. 221.) v

Kremzier and Campbell in reference 220 compare the net propulsive
force of a body~propulsion-unit combination with the inlet on the top or
bottom of the body. Because of a lower drag of the inlet in the top
position, the net propulsive force was slightly greater at a given angle
of attack. However, at the same 1ift coefficient, the bottom location
was superior because of a negative shift in the angle for zero lift and
an increase in lift-curve slope for this position. In reference 222 tegts
are described of the top inlet of reference 220 with two large triangular
fences extending ahead of the inlet to shield it from the leeward boundary
layer. The net propulsive force of this arrangement at moderate angles
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of attack was greater than that of the bottom inlet. A final evaluation
would, of course, require study of the effects of such large vertical
surfaces on aircraft directional stability and other related factors.

Since the upwash about a body decreases as the square of the distance
from the body center line (refs. 215 and 223), the adverse effect of angle
of attack on pressure recovery of side inlets can be alleviated by moving
the air-intake outboard. Thus, a comparison of the data of references
218 and 224 shows that if a nacelle with a conical-shock inlet were used
rather than a half-conical shock scoop on the body sides, the same maxi-
mum total-pressure ratio could be maintained by the nacelle at twice the
angle of attack of the scoop-body combination when the nacelle was over
about 1-1/2 nacelle diameters from the body center line.

Wings.- When the Mach number normal to the leading edge of wings is
subsonic, the circulation accompanying 1ift creates an upwash field shead
of wings which increases the effective angle of attack of inlets in or
near the leading edge. At low mass~flow ratios this upwash is aggravated
by the diverging engine streamtube., Fortunately, turbojet-powered super-
sonic aircraft, which are quite subject to lip stall because of thin lips,
seldom encounter the condition of high 1ift coefficient and low mass-flow
ratio. High-speed maneuvers are made with full power and normsl landings
are made with some power at mass-flow ratios greater than 1. For subsonic
aircraft designed with a relatively large inlet area, internal lip stall
in landing would be more likely if it were not for the thicker lips that
can be used.

An investigation of leading-edge inlets in a straight wing at subsonic
speeds 1s reported in reference 225 in which it is shown that the induced
upwash from the wing canses an abrupt decrease in total-pressure ratio for
an inlet not designed to account for the additional flow inclination. For
example, an inlet with relatively thick lips maintained a total-pressure
ratio of 0.99 to an angle of attack of 60, at which angle the pressure
recovery rapldly decreased to 0.92 at an angle of 8.5°. Tuis decrease in
total-pressure ratio was caused by internal-flow separation from the
lower lip. It was found that the separation could be delayed by canting
the duet axis just behind the lips downward and also staggering the inlet
plane. Tests of a similar leading-edge inlet at subsonic speeds in a
swept wing are reported in reference 226. Here, it was found that a
serious spanwise flow occurs in the inlet at low mass-flow ratios when
the wing carries 1lift. At mass-flow ratios greater than 0.4 and angles
of attack less than about 4°, the performance of the inlet in the swept
wing was nearly equal to that in the unswept wing. At greater angles,
however, the pressure recovery decreased rapidly due to separation of the
internal flow. It is probable that this separation could have been delayed
somewhat by canting the lower inlet lip downward as was done with the
inlet in the unswept wing. At angles of attack greater than 6° to 8° and
at mass-flow ratios less than 0.8, separation occurred downstream of the
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outboard edge of the inlet on the external surface of this swept wing
and resulted in an increase in drag and a loss in 1ift.

Inlets located in the wing leading edge for supersonic aircraft have
received little attention because of the transitions and bends needed to
duct air through a thin wing to a turbojet engine. Investigations of wing
leading-edge inlets for application to split-wing ramjets at Mach numbers
above 2.0 are reported in references 127, 128, 227, 228, and 229. Prob-
ably the most important factor in the interference of the aYTeratt on
this type of inlet at supersonic speeds is that for unswept leading edges
there i1s no upwash induced ahead of the inlet by the wing. Body upwash,
however, can be present at supersonic as well as subsonic speeds.

From tests of wing-root inlets, in which both the induced effects of
wing and body increase the local flow angles, it has been found that a
high level of pressure recovery can be maintained to angles of attack of
at least 8° at subsonic speeds by employing relatively thick lips with
stagger and negative incidence. (See refs. 186, , 230, and 84.) The inves-
tigation of wing-root inlets of reference 8i4 1ncluded pressure-recovery
measurements at Mach numbers up to 1.3. A total-pressure ratio of 0.89
was attained at a Mach number of 1.25, and this pressure ratio was main-
tained from -2° to 8° angle of attack.

v

The results of reference 231 show that good angle-of~-attack performance

can be attained by placing the inlet of an underwing scoop downstream of

a wing leading edge so that the local flow direction is along the induction-

system axis. A compilation of all these results from tests at subsonic
speeds 1s shown in sketch (30) as the
change in total-pressure ratio as the

Wing root inlet, ref, 84‘{

angle of attack increases from zero. %_3 Under-wing sco0p, ref, 231
The mass-flow ratios of the data are g2° w::?wm.e}sg
those for maximum pressure recovery. o »'® — 52° Sweepback
In this sketch, the wing-root inlet  =I° X 0" Sweepbock
of reference 84 shows improvement in € 96— ‘ DX

pressure recovery with increasing o L"’g’,‘?’g;‘,‘“&,’.’;" e

angle of attack because at zero angle g op|_ref22s \

the recovery is relatively low (0.96). [ 45" Swept wing

Angle of attack increases the pres- 2 ref.226 M,=0.70
sure recovery because the inlets are - 88 ) 4 8 2 —
canted and because part of the Angle of attock, a, deg
approaching boundary layer is swept

past them by body crossflow. In Sketch (30)

terms of absolute total-pressure

ratio at angle of attack, the wing root inlets are inferior to isolated
inlets or those with upstream flow-deflecting surfaces. Although most

of these tests were performed at Mach numbers less than 0.7, the low-speed
results have been transformed to conditions at a Mach number of 0.7 to
obtain a consistent correlation. As mentioned previously, this trans-
formation can he reliably accomplished if it is assumed that the measured
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ram-recovery ratio is independent of subsonic flight Mach number and this
measurement is converted to total—pressure ratio by equation (13).

Effects of Forebody Boundary Layer

As previous discussion has often indicated, forebody boundary layer
flowing into an air-induction system can reduce engine performance because
of losses in total pressure, unsteadiness, and nonuniformity. A compari-
son of the maximum total-pressure ratios as a function of flight Mach
number attained with a variety of arrangements in which entering boundsry
layer was not .emoved is shown in sketch (31). The boundary-layer effects

0 are particularly large with annular
Fovword scoop, Ref, 236> ../‘F orword ““%s] intakes which encircle bodies where
& [P TN TS 1235 | the local Mach mumber is high. Such
é? B ::K$;:wg/f:>/ <L inlets receive all the boundary layer
g Ref 233 word onnulor inlet|  from the flow over the forebody (the
S 6 | f""%&ﬁ?“ﬁ- ratio of retarded to free air is
2 “'?ﬁg;g“’ large), and this layer is either
$ 4 e} thickened or separated by compression
- my/mg=08 R from the high local Mach number. The
= a=0 results of the tests of reference 232
25 a B ,L 6 20 24 Show that total-pressure ratios of
M, annular inlets mounted on an ogival
Sketch (31) body are about 0.3 less than those of

& normal shock wave occurring at flight
Mach numbers from 1.4 to 2.0. Similarly, the results at transonic speeds
of the nearly annular intake of references 237 and 233 indicate a rela-
tively low total-pressure ratio when compared to nose or scoop inlets.
A conical-shock inlet with a small cone angle suffers from these same
difficulties, and, as shown in reference 111, boundary-layer removal is
necessary to provide steady operation. However, by using a scoop which
encompasses only a small portion of the forebody and thus receives a small
proportion of boundary-layer air, high total-pressure ratios can be more
readily attained. Thus, the results of references 23k, 235, and 236 show
that scoops mounted just under the body nose where the boundary layer is
thin and the local Mach number is low attain high pressure recovery.
However, with scoops located downstream of the body nose where the approach-
ing boundary layer is thick and the local Mach number is nearly equal to
or greater than that of flight, large total-pressure losses occur unless
the boundary layer is removed.

Seddon, in reference 28, has correlated wind tunnel and flight data
to show the decrease in pressure recovery resulting from taking forebody
boundary layer into air-induction systems. Seddon (see also ref. 2) cor-
relates data by means of the relationship .
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Ptg™ Pto 3
o = Cf[I + J(Vo/V2) }

where

3= xg(1 - m) 5=

CrI represents the internal skin-~friction losses in terms of Apt/qg and
J accounts for pre-entry effects. Thus, k¥ is an empirical constant
which includes the effects of inlet-velocity ratio Vq/Vs, and § is a
correction to the skin-friction coefficient due to the previous history
of the boundary layer before it reaches the inlet ({ = Cfforebody/cfduct);

Ny 1is an efficiency factor to account for the amount of boundary-layer
removal; and S/A2 is the ratio of forebody surface wetted by the flow
to the inlet divided by the inlet area. At reduced inlet-velocity ratios
and high speeds without complete boundary-layer removal, the boundary-
layer thickness ahead of the entry increases rapidly and, as a result, k,
{, and 1, become functions of Vo/Vz and Mach number which must be
evaluated experimentally if accurate results are to be obtained.

Boundary-Layer Removal

The design problem with a boundary-layer removal system is to avoid
incurring any appreciable drag penalty while removing sufficient retarded
air to minimize pressure losses, unsteadiness, and nonuniformity in the
engine streamtube. The boundary layer can be removed by providing suction
across a slot or a porous surface or by raising the inlet from the fore-
body surface so that the boundary layer flows beneath the inlet and is
diverted around the external surfaces of the duct fairing.zl In doing
this, 1t is necessary to minimize any additional total-pressure losses
and interference with other parts of the flow field. The following dis-
cussion on removal systems is divided according to the method by which
forebody boundary layer is prevented from entering the air-induction
system - by suction or by diversion. These methods are similar in some
respects, but a suction method is one in which a pressure difference is
provided across some length of closed duct to draw off the boundary layer,
and a diversion method is one in which the flow is unrestrained in a lateral
direction. Under certain conditions, the effects of boundary layer can
be minimized by providing large-scale mixing with the engine flow, as is
the case with the NACA submerged inlet. This method is also discussed.

2lsome tests have been made of diffusers in which energy is added to
the boundary layer by blowing air from s high—pressure source along the
forebody wall; the results are reported in references 113, 11L, and 238,
However, extensive development of this method as applied to air-induction
systems has not yet been performed.
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Suction.~ An evaluation of a suction-removal system on the basis of
aircraft range has been reported by Fradenburgh and Kremzier in refer-
ence 19. Tests were made with half-conical shock inlets with semicone
angles of 25° and 30° with various heights of boundary-layer removal slot
at Mach numbers of 1.5, 1.8, and 2.0. Because of the large drag force
contributed by this specific boundary-layer removal system as noted in
both references 19 and 239, boundary-layer removal produced essentially
no increase 1in maximum range in spite of the substantial improvement in
pressure recovery. Thus, careful consideration must be given to the detail
design of removal systems to prevent energy losses and to achieve the
potential improvement in performance.

The data of reference 185 show that in subsonic flight, operation
of an air-induction system at inlet-velocity ratios less than 0.6 causes
rapid thickening of the forebody boundary layer flowing into an inlet.
The tests of a boundary-layer removal system that were included in this
investigation show that the inlet-velocity ratio of the removal system
must be greater than about 0.5 to maintain a net drag force less than that
for the configuration without boundary-layer removal. The boundary-layer
scoop in this study was in the plamne of the main inlet and was produced by
indenting the forebody. It was found that an indentation approach angle
of 7° caused unsteady flow. An approach angle of 3° resulted in satis-
factory operation; however, as discussed later in regard to submerged
inlets, such approach angles would cause unacceptable losses in pressure
recovery at supersonic flight speeds.

In the tests reported in reference 240, a removal slot of depth equal
to about twice the local boundary-layer thickness was located ahead of a
semicircular main inlet a distance of about 85 percent of the inlet radius.
Tests were made at low speed at inlet-velocity ratios greater than 0.6;
hence, the effects of removal on total-pressure ratio were not large. In
these tests it was found that the boundary layer on the surface between
the boundary-layer scoop and the main inlet grows rapidly at low inlet-
velocity ratios. Thus, this length should be minimized.

A study of boundary-layer removal at a Mach number of 1.88 for a
half-conical-shock inlet mounted on a flat plate is reported in refer-
ence 202. Here, it was shown that the maximum total-pressure ratio
attainable in the main duct decreased appreciably as the amount of boundary
layer removed was decreased. As the parameter h/® was reduced from 1.0
to 0 (h is the boundary-layer-scoop height and ©® is the local undis-
turbed boundary-layer thickness) the maximum total-pressure ratio decreased
from 0.86 to 0.72. 1In this case, the mass-flow ratio of the removal scoop
was the maximum possible; at any value of h/B below 1.0, reductions in
scoop mass~flow ratio caused additional total-pressure losses. Also, with
this air-induction system the flow became unsteady when the engine mass-
flow ratio was reduced below that for maximum total-pressure ratio.
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Tests at Mach numbers from 1.3 to 1.8 of a suction-removal system
for a normal-shock inlet are described by Frazer and Anderson in refer-
ence 190, It was found that boundary-layer removal produced an improve-
ment in total-pressure ratio of from 0.06 to 0.08 through the Mach number
range of the tests. The fact that this improvement was considerably less
than that attained with the half-conical shock inlet of reference 202 is
probably due to the difference in the methods of external compression and
of duct design. The air-induction system of reference 202 was more refined
in regard to supersonic compression but less refined in the duct. Thus,
with nearly complete boundary-layer removal, higher total-pressure ratios
were possible but with no boundary-layer removal greater duct losses would
be expected. Frazer and Anderson show that pressure recovery could be
falrly well predicted by integrating the local pressure recovery of a normal
shock wave occurring at the local Mach number of each element of the flow
approaching the inlet and adding an allowance for the skin-friction loss
in the duct. This method of prediction is also recommended in refer-
ence 241. The tests showed that, if h/8 ¥ 1.0 and no additional method
of boundary-layer removal is used, the leading edge of the suction scoop
must be upstream of the main inlet and the normal shock wave must occur on
the intervening surface - not ahead of the boundary-layer scoop - if flow
unsteadiness is to be avoided. For mass-flow ratios greater than 0.9 at
Mach numbers from 1.3 to 1.8, it was found in this test that the suction
scoop must be at least a distance of 0.4 of the inlet radius upstream
of the main inlet. (The cross section of the main inlet was a semicircle.)
The mass-flow ratio of the suction scoop was maintained at the maximum value
in this investigation, and by measuring the total pressure in both the main
and the boundary-layer ducts the net propulsive force possible with the
system was evaluated. It was found that the maximum net propulsive force
occurred when the suction-scoop height was 0.7 of the undisturbed boundary-
layer thickness and that the system could produce net propulsive forces
from 96 to 100 percent of those produced by a normal-shock inlet not in
the presence of forebody boundary layer.

In suction-removal systems, the performence penalty for removing the
boundary layer appears as the pressure loss in the removal duct. This,
together with the mass flow in the scoop, allows calculation of an effec-
tive drag of the boundary-layer removal system. A summary of available
data for the pressure recovery of suction=-

removal ducts shows a large decrease with '©
flight Mach number as indicated in ﬁ\\ag\\ L
sketch (32). (See also ref. 242.) B Ref.2405 | T
6_%wzqﬁaas \S hi e 3
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Thus , the main inlet and duct should be designed to be insensitive to at
least small amounts of retarded air from a forebody; wetted area and
deflection angles in the diverter must be small; and the passage height
must diverge both longitudinally and laterally to minimize flow resistance.

The boundary-layer suction scoop of reference 202, which was tested
with a half-conical shock inlet on a flat plate, was converted to a
diverter system by removing the scoop side walls to a point about one
inlet radius aft of the cowl lip and taking no flow through the boundary-
layer duct. It was found that maximum total-pressure ratios from 0.02
to 0.03 less than those of the suction system could be attained by sweeping
back the leading edge of the plate forming the upper surface of the
diverter, that is, the boundary plate, as shown in sketch (33). This
plate was swept back along a line
Jjoining the apex of the cone with the
main inlet lip rather than the leading
edge of the plate being normal to the
stream direction at the cone apex.
It was concluded from these tests that
sensitivity to removal-system mass-
flow ratio can be reduced by sweeping
the leading edges of the boundary
plate so that the intensity of the
Boundary plate disturbance created by the shock wave
from the edges and the extent of the
upstream influence through the boundary
layer are reduced. OSwept edges also
create a lateral pressure gradilent
which tends to divert the boundary layer. It was found that extending
the boundary-layer passage downstream beyond the plane of the main inlet
reduced the angle through which the boundary layer was diverted and pre-
vented the boundary layer from being drawn into the engine streamtube.
(See also ref. 243.) Tests of other inlets which utilize these design
principles are described in references 182, 24k, 245, and 246.

Sketeh (33)

The results of tests of a wedge diverter of about 60° included angle
beneath a half-conical shock inlet mounted on a flat plate are presented
in reference 243. As would be expected from the results of Goelzer and
Cortright (ref. 202), this large a wedge angle turned the boundary layer
so abruptly that it spilled over the swept leading edges of the boundary
plate and flowed into the main inlet. In order to attain the total-
pressure ratios possible with a suction scoop, it was necessary to have
a diverter passage height 1.4 times the local undisturbed boundary
thickness; thus, a high drag would be expected. In reference Ehz, a
series of wedges were tested in an arrangement simulating a diverter pas-
sage. It was found that the included wedge angle must be less than 28°
if the pressure drag is to be small and that the apex of the wedge must
be about one passage height downstream of the apex of the leading edges
of a swept boundary plate in order to eliminate the upstream influence of
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the wedge on the engine flow. The photographs of the boundary-layer L/’)/f
flow of Piercy and Johnson (ref. 24]), which were obtained by use of a
liguid-film technique, emphasize the importance of minimizing the dis-

turbances imposed upon the boundary layer in the region of an air-induction-
system inlet. The necessity of a small wedge angle, a swept and thin

boundary plate, and a wedge apex downstream of the splitter-plate apex

are all graphically illustrated.

The drag forces on wedge diverters in various types of installations
have been measured and are reported in references 218 and 248. With a
16° included-angle diverter, the pressure drag was negligible, but the
viscous component of the drag was large. In fact, even though the frontal
area of the diverter was only 3 percent of the total frontal area of the
model of reference 248, to a flight Mach number of 2.0 and h/8 = 1.0, the
drag of the diverter was 23 percent of the total model drag, or, in other
words, the diverter-plus-interference drag coefficient based on the diverter
frontal area was high, 0.95. TImprovements can be expected through reduction
of the viscous drag due to shock-boundary-layer interaction and turbulent
mixing in the vortex from sharp side edges. Not only should wetted area
and velocity changes be minimized, but also a high lateral velocity com-
ponent over nearly square side edges should be avoided because a vortex
develops under such conditions and dissipates energy as drag. (A vortex
from this cause is used to advantage with NACA submerged inlets at subsonic
flight speeds.)

The fact that a low-drag passage between an air-induction system and
a body can be attained is illustrated by the investigation of Kremzier
and Dryer (ref. 249) in which a circular nacelle was tested in contact with
a circular fuselage. This configuration is shown together with a body
scoop diverter in sketch (34). By comparing the drag coefficients of the
configurations less the body drag on the basis of equal area, it was found
that the drag coefficient of the scoop-diverter combination was about twice
that of the nacelle. Some of this difference is due to the fact that the

Sketch (34)
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models were not strictly comparable; however, the difference is so large
that the superiority of the nacelle installation is apparent. Similar
results were obtained by comparing a ramp-type scoop inlet and diverter
(ref. 248) with the nacelle. These comparisons and present knowledge of
diverter design indicate that a low-drag diverter should be designed
according to the following principles:

1. To reduce the upstream influence of the diverter, the leading
edges of the boundary plate should be swept back, when this is
consistent with the inlet-shock configuration, and the diverter
apex should be at least one diverter height back of the boundary-
plate apex.

2. To reduce pressure and friction drag and to minimize the lateral
velocity component, the included angle of the diverter wedge
should be about 200.

3.. To prevent the formation of a strong vortex, the boundary-layer
passage side edges should have large-radius fairings rather than
sharp corners.

As discussed previously, the distribution of boundary layer about a
body at angle of attack is not uniform and it accumulates on the leeward
side (sketch (28)). If an inlet is located in this position, the design
of the boundary-layer removal system must account for the local growth of
the boundary layer in angle-of-attack operation. (See, e.g., refs. 220
and 244.) If a large boundary-layer diverter is necessary to maintain
engine performance at high angles of attack, a drag penalty results at
low angles. As shown by the data of reference 199, this difficulty is
avoided at positive angles of attack by a bottom location of a side inlet.

Tests have been made of combined suction and diverter systems; that
is, a portion of the approaching boundary layer is drawn into a closed
duct, usually for cooling purposes, and the remsining boundary layer is
diverted. (See refs. 116 and 250.) With the suction scoop at the apex
of the diverter wedge, the upstream influence of the diverter is reduced
by increasing the local flow rate and reducing the local deflection angles;
in other words, it allows lower diverter wedge angles. If the auxiliary
system requires low-energy air, the best point at which to locate an
auxiliary inlet in a diverter passage might not always be at the wedge
leading edge. It is apparent that the lowest energy air can best be
obtained at the exit of the diverter passage. It is possible that such
an installation would have less drag than one with a forward auxiliary
air intake because the dynamic pressure of the local flow is smaller.

Submerged inlets.- Inlets which are submerged in the surfaces of
bodies and wings have all the boundary-layer-~removal problems of scoops.
A number of variations of inlets of this type have been investigated and,
as with scoops, high pressure recovery can be attained at subsonic speeds
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-

when the adverse effects of the approaching boundary layer are removed.
Investigations of submerged inlets having curved or steep-angle approach
ramps with parallel sides are reported in references 251, 252, and 253.

In general, the total-pressure ratios attained were less than those of
similarly placed scoops. A submerged inlet having a relatively small

ramp angle (about 7°) and diverging ramp side walls has been found to be
comparable to scoops in regard to pressure recovery. (See refs. 25&, 255,
and 256.) The experimental investigation of reference 257 and the theo-
retical study of reference 258 provide an explanation of the relatively
high pressure recovery of this arrangement. Flow over the square corner

of the ramp side walls creates a vortex which thins the boundary layer on
the ramp and sweeps the retarded air into the vortex core. When the
vortex flows into the inlet at high mass-flow ratios, it represents a loss
in total-pressure ratio, but less of a loss than if the boundary layer
were permitted to grow normally; at low mass-flow ratios, the vortex is
discharged externally and represents an increase in drag. Tests at low
subsonic speeds, reference 28, have indicated that the drag of submerged
inlets can be greater than that of scoops. However, flight tests comparing
a submerged and a scoop installation (ref. 256) have shown that the former
has equal or slightly better performance. Apparently, the merits of the
two depend upon the installation, and they can be equal in subsonic flight.
However, investigation at supersonic speeds, reference 259, has shown

that the expansion of the flow over the ramp leads to a high inlet Mach
number and large pressure losses at flight Mach numbers greater than sbout
1.2. Thus, the submerged inlet is limited in application to subsoniec
airplanes as either a main or an auxiliary air intake. (For the latter L/’/,
application, see refs. 251 and 260.)

Mg>1.0

Combined Effects pb/pb.

Isentropic
Normal shock _ -

Scoop incremental drag.- As
discussed previously, scoop incre-
mental drag represents the differ-
ence in the total flight momentum
of the air in the engine stream-
tube and the momentum at the
initial station of an air-induction
system. It is, therefore, an
interference force resulting from
both the pressure and skin-friction
drag forces on surfaces upstream of
an induction system when no pro- Sketch (35)
vision is made for removing
forebody boundary layer from the engine streamtube. Klein (ref. 7) has
calculated scoop incremental drag coefficient Cpg = Ds/quz as a funection
mass~-flow ratio, flight Mach number, and total-pressure ratio between free
stream and inlet. An example of the variation is shown in sketch (35).
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Thus, when the average inlet Mach number is subsonic in supersonic flight,
the scoop incremental drag force is large at low mass-flow ratios, par-
ticularly if the forebody wave and skin-friction drag forces are small,
because then the local pressure rise shead of the inlet is large. (The
symbol ©pt, 1is the average total pressure at the inlet, and it includes
the total-pressure loss of any entering boundary-layer air which eventually
flows to the engine.) With supersonic flow into the inlet, the scoop
incremental drag coefficient is negative because the spillage drag®? is
small (zero at maximum mass flow) and the forebody drag term Fp of equa-
tion (7) is dominant.

For air-induction systems having this interference force, the net drag
consists of the sum of the external wave drag when the inlet operates with
no spillage, the scoop incremental wave drag, the change in external wave
drag due to a reduction in mass flow from the meximum, and skin friction.
Thus, the scoop incremental drag replaces the additive drag of systems
having no forebody interference.

Wakes .~ The pressure recovery of an air-induction system that takes
in air from the wake of an upstream body is, of course, reduced. The tests
at a Mach number of 2.0 of reference 224 in which a nacelle was placed
behind the tip of a canard control surface illustrate the magnitude of
this effect. With the control surface deflected 10°, the maximum total-
pressure ratio attainable was 0.10 less than when the nacelle was moved
outboard away from the influence of the tip vortex.

INDUCTION~-SYSTEM ATRCRAFT

The interference between an air-induction system and other aircraft
components can affect any of the forces and moments which determine per-
formance. For instance, drag can be increased if a nacelle is placed so
that a positive pressure gradient from it causes boundary-layer transition
or separation on a neighboring surface; the 1lift of a wing with a leading-
edge inlet can be a function of mass-flow ratio; tail loads can be affected
by a change in circulation distribution resulting from changing the wing
plan form to extend the duct of a wing-root inlet; side force and yawing
moment can result from shock or expansion interference from an outboard
nacelle with a vertical tail surface, and this interference could be
changed by power setting. It is the purpose of this section to discuss
these problems and principles regarding them which have resulted from
theoretical and experimental studies.

223pillage drag is the pressure force on the external streamlines
which are affected by the inlet mass-flow ratio. In this case, it is the
local additive drag.

CONFIDENTTAL



NACA RM A55F16 CONFIDENTIALT 95

Drag

Skin friction and separation.- In reference 207 a series of wing-
nacelles were tested to demonstrate a method for maintaining long runs of
laminar flow over the combinations. By making the leading edges coinci-
dent and matching the pressure distributions so as to maintain a negative
gradient to the position of maximm thickness of the wing, the minimum
drag coefficient was reduced to less than two-thirds that of conventional
wing-nacelle combinations when the inlet-velocity ratio was greater than
0.5.

The tuft studies of reference 185 show that an inlet-velocity ratio
less than 0.6 with a scoop in the presence of forebody boundary layer not
only causes separation of the internal flow, but also causes the separated
region to spread around the inlet and to affect the external flow.
Although interference drag was not measured, it is undoubtedly increased
by the turbulent mixing. The flight tests reported in reference 256 show
the possible effect of such separation. Drag measurements were made with
a boundary-layer bypass sealed, and with it discharging normal to the
external flow, it was found that at a flight Mach number of 0.8, discharge
of the boundary-layer normal to the air stream increased the airplane drag
coefficient 0.001l5, or 7 percent.

At supersonic speeds the boundary layer on other aircraft components
can be affected by shock waves or the pressure field from propulsive
systems, and, the local pressure gradients caused by shaping a surface so
as to minimize wave drag can be sufficient to separate a turbulent boundary
layer. Therefore, this form of interaction also requires careful attention.
Shock-wave boundary-layer interaction has been discussed previously, but
the studies of Morokovin, Migotsky, Bailey, and Phinney (ref. 261) are
particularly pertinent here. This investigation of the interaction of a
plane oblique shock wave intersecting a circular cylinder across the axis
shows that i1f the incident shock wave is weak, the pressure rise across
the reflection is that predicted for two-dimensional flow. However, if
the shock wave is relatively strong (flow deflection angle of 11.2° in
this case) the over-all pressure rise is but half that predicted for a
flat plate. This difference is presumably the result of three-dimensional
relief and the resulting lateral pressure gradient. Because of the
decreased surface pressure rise for a given shock wave, it appears that
more intense shock waves can be withstood without encountering separation
of turbulent boundary layers in three-dimensional rather than two-
dimensional flow.

Transonic drag rise.=- In general, the addition of an air-induction
system to the pressure field of another body alters the pressure distribu-
tion and thus the transonic drag rise. The investigations of refer-
ences 225, 84, 85, 230, 231, and 262 show, however, that wing root or
wing leading-edge inlets and nacelles operating at mass~-flow ratios near 1l
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can be designed so that they do not decrease appreciably the drag-rise
Mach number of a wing-body combination. (Methods of predicting the drag-~
rise Mach number have been discussed previously and are presented in
references 149 and 208.)

For supersonic aircraft, the drag-rise Mach number is an important
cruise consideration; the magnitude of the rise and methods for minimizing
it are of essential importance in determining acceleration performence and
fuel consumption. The "transonic area rule" presented in references 263
and 264 states that for slender configurations, the transonic rise in wave
drag is a function of the longitudinal distribution of cross-section ares
and is independent of cross-section shape. Thus, an aircraft with the
least drag rise has the same distribution of cross-section ares as a
minimum-drag body of revolution. Conversely, the magnitude of the increase
in wave drag at transonic speeds for complicated configurations can be pre-
dicted for flight at zero angle of attack from information on bodies of
revolution with the same cross~sectional-area distribution. It follows
from this rule that for low drag rise the equivalent body of revolution
must be fair and slender, and these design requirements also result in
high drag-rise Mach number.

In regard to interference of the air-induction system on the aircraft,
the transonic area rule is a design criterion for placing and shaping
induction systems. For instance, the data presented in reference 265 show
that the drag rise is the least and the drag-rise Mach number is the great-
est when the addition of an air-induction system to a wing-body combination
causes no abrupt or large changes in the distribution of cross-section area.
This result is illustrated by sketech (36) which was reproduced from refer-

ence 265. References 170,

DRAG OF DIFFERENT TYPES OF NACELLES 266 , and 267 present more

o experimental information
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