NASA TECHNIGAL NOTE _NASA TN D-3155

R89LL00

(N

WN ‘g4v) AtvHan HoaL

NASA TN D-3155

A FEASIBILITY STUDY OF A
COMMUNICATIONS SATELLITE
FOR DEEP-SPACE MONITORING

by George W. Clemens, Jr., Alfred C. Mascy, and Duane W. Dugan

NASA Headquarters, OART
Mission Analysis Division

Moffett Field, Calif, ﬂ/‘*“

&

3 ny CRLC ;L,\j

NATIONAL AERONAUTICS AND SPACE ADMINISTRATION < WASHINGTON, D. C. @ECEM&ER 1965 ;j
\,p

Y




TECH LIBRARY KAFB, NM

T

0079888
NASA TN D-3155

A FEASIBILITY STUDY OF A COMMUNICATIONS SATELLITE
FOR DEEP-SPACE MONITORING

By George W. Clemens, Jr., Alfred C. Mascy,
and Duane W. Dugan

NASA Headquarters, OART

Mission Analysis Division
Moffett Field, Calif.

NATIONAL AER_ONAUTICS AND SPACE ADMINISTRATION

For sale by the Clearinghouse for Federal Scientific and Technical Information
Springfield, Virginia 22151 — Price $2.00



A FEASIBILITY STUDY OF A COMMUNICATIONS SATELLITE
FOR DEEP-SPACE MONITORING

By George W. Clemens, Jr., Alfred C. Mascy,
and Duane W. Dugan

NASA Headquarters
Moffett Field, Calif.

SUMMARY

The advantages and feasibility of using a single Earth-orbiting satellite
to serve primarily as a communications relay between Earth and space vehicles
on interplanetary missions are examined. Possible advantages over ground-
based antennas for this purpose are shown to include greater information rate
and/or reductions in size and welght of communications equipment and of power
supplies on board interplanctary spacecraft; continuous tracking of and commu-
nication with dcep space vehicles by means of only one orbiting station rather
than by multiple ground-based antennas; and immunity to weather, atmospheric
noise, and ionospheric disturbances. In addition, such an antenna could serve
as a navigation beacon for returning manned vehicles, as a system for calibrat-
ing Barth-based radio facilities, and as a facility for radio- and radar-
astronomical observations, for the search of galactic intelligence, and for
radio frequency studies.

A sample application of the concept to a typical manned mission to Mars
is made in order to assess its feasibility. Included in the dinvestigation of
problems inherent in the use of an Barth-orbiting satecllite as a communica-
tions relay station are orbit selection, attitude control, antenna retflector
structurcs, cguipment-module structure, power supply, micrumcteroid and radia-
tion shiclding, propulsion systems, logistics support, and launch-vehicle
requirenents.

Results of the study indicate that none of the problems examined in the
samplc application appears to preclude the realization of advantages cited for
an orbiting communications relay station. Areas in which further study and
rescarch would be particularly advantageous to the implementation of the sub-
Ject concept are defined in the study.

INTRODUCTION

Missions, manned or unmanned, to other planets of the solar system
present severe communication problems. The distances over which transmission
of information must be made are very large, so that on-board power require-
ments tend to be high and communications equipment large and heavy. In addi-
tion, mission durations are on the order of years, so that maintenance of



continuous tracking of and commmication with interplanetary vehicles becomes
of concern, particularly so in the event of concurrent missions.

Current solutions to these problems involve the construction of a number
of large ground-based antennas spaced around the Earth at intervals of approx-
imately 120° in longitude. In view of the expected increase in demands on
deep-space tracking and communications as exploration of the solar system is
broadened, it is belleved to be worthwhile to consider alternative or
supplemental methods of meeting such demands.

The purpose of this study is to investigate the feasibility of providing
continuous communication with interplanetary spacecraft by the use of an Barth-
orbiting antenna. The possibility of employing transmission frequencies much
higher when outside the Earth's atmosphere than when within it offers a number
of advantages not available to ground-based systems. These advantages include
increases in information rate and/or savings in vehicle weight. Likewise, the
possibility of utilizing the natural precession associated with satellite
orbits about an oblate planet to prevent occultation while tracking interplan-
etary vehicles further invites examination of the concept.

The scope of the study included manned applications with corresponding
logistic support for maintenance, replenishment, and reliability. However, it
was found that the increased weight (chiefly of shielding) to protect manned
operations required the use of one or more Saturn V launch vehicles to accom-
plish the mission. Since manned operations do not enhance the basic communi-
cation capability of the system, the results of the related studies are not
included in the text although the figures and tables retain some of this infor-
mation for reference.

In the following sections, advantages of employing the high transmission
frequencies permissible outside the terrestrial atmosphere are examined in
terms of information rate and power requirements of a mission vehicle. Next
are considered the problems associated with maintaining continuous communica-
tlion with vehicles on interplanetary missions by means of an Earth-orbiting
antenna. These problems include the selection of a satellite orbit which pro-
vides, in a nearly optimal manner, the precession rates, inclinations, and
altitudes required in a given application with radiation hazards taken into
account. Other sections deal with attitude control; propulsion systems;
antenna configurations and their construction; equipment module configurations
and construction; power supply; micrometeoroid and radiation shielding; and
launch-vehicle requirements.

Two possible types of orbiting communications station are considered.
These are: (a) a receiver-relay system in which data from interplanetary
spacecraft are received, stored, processed,and relayed to Earth stations on
command (command signals to the vehicles and to the station would be transmit-
ted by selected ground sites); (b) an unmanned transmitter-receiver-relay sta-
tion in which a transmitter function is included to relay commands and
information from Earth to spacecraft.



POSSIBLE ADVANTAGES OF USING AN ORBITING ANTENNA

One severe constraint on the selection of radio frequencies for
continuous communications between ground-based facilities and deep-space vehi-
cles is imposed by the terrestrial atmosphere. Above the atmosphere, a much
wider range of frequencies is available for application to space-to-space com-
munications. A simple example will serve to point out some possible advan-

tages inherent in the use of frequencies higher than those currently used in
the DSIF.

Consider two communications links both between a deep-space vehicle and

Earth-orbiting facilities which are identical except for the frequencies
employed. One form of the basic equation governing a communications link is

2

P = PrKpArKRART (1)
(4aR)Zc2

where

PT,PR transmitted and received power

KT:KR transmitting and receiving antenna design constants

Ap,AR  actual areas of the transmitting and receiving antennas

R range or distance betwecen transmitting and receiving antennas
f frequency
c spced of light

With the assumption that one link opcrates at 2295 MHz (frequency adopted for
DSIF) and the sccond at 10,000 Miz, a number of comparisons betwcen the two
links can be made with the aid of equation (1). For example, with a given
transmitted power from the spacecraft antenna, the power received at the Earth-
based receiver employing the 10,000 Mz frequency is nearly 19 times that
received at the antenna operating at 2295 Miz. From other points of view, if
the power receilved is fixed at some level, and if the higher frequency system
is used in place of the lower frequency system, then the transmitted power
required could be reduced 19-fold, the information rate increased 19 times,
the limiting range increased by a factor of L4.36, or the spacecraft antenna
diameter reduced L4.36 times. In practice, a combination of the foregoing
advantages would likely be made. In any case, the use of practical frequen-
cies in the X- (5.2-10.9 GHz), K- (10.9-36 GHz), and @ (36-46 GHz) communi-
cation bands above the atmosphere can contribute significantly to reducing
interplanetary vehicle weights and increasing information rates over those now
possible with frequencies currently used by the ground-based facilities.
Associated with the use of higher frequencies is the reduction in beamwidth.
This narrowed beam increases the requirement for pointing accuracy. A
detailed study is required to assess the over-all effects of narrow beamwidth
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but is not included in this discussion. Additional benefits may also be real-
ized from an increase in efficiency of operation at the higher frequencies,
and from reduced weight and volume of high-frequency components. Other advan-
tages which result from operating a communications station above the terres-
trial atmosphere are discussed in reference 1. Chief among these is the
freedom from much of the noise generated within the atmosphere and by the warm
Earth. Absence of atmospheric weather also eases structural and maintenance
problems.

Although intended primarily as a link in communications between Earth and
vehicles on interplanetary missions, an orbiting communications facility prop-
erly modified could serve possibly other useful purposes when not otherwise
employed. Among the observations and applications which might benefit from
the capability of a properly oriented orbiting antenna for nearly continuous
surveillance are the following: radio and radar astronomy; radio-frequency
investigations; search for galactic intelligence, where continuous observation
is invaluable (see ref. 2); calibration of ground-based radio facilities; and
a navigational beacon to aid deep-space spacecraft returning to Earth.

Apart from the advantages and benefits already discussed, there is one
particular feature which alone might make the concept of an orbiting deep-
space communications station worthy of consideration. This is the potential
capability of a single orbiting station to perform the function of continuous
monitoring of interplanetary flights which presently requires multiple (three
or more) ground-based stations of the DSIF network. Concurrent space missions
could more easily be carried out if both the DSIF and an independent orbiting
communications station were available for required tracking and recording of
data from multiple spacecraft.

FEASTBILITY ANALYSIS

In this portion of the study, a number of factors related to the use and
operation of an Earth-orbiting radio station for deep-space commnications are
investigated.! The purpose here is twofold: first, it is essential to know
whether there are any insurmountable problems which would preclude the imple-
mentation of the concept; second, it 1s believed useful to define problem
areas in which further work and research are needed.

The first aspect of the subject concept to be discussed concerns the
selection of orbits for the relay station. The orbital characteristics of
inclination and altitude are important since they can affect the amounts of
weights required for radiation shielding of sensitive electronic components
and/or for propulsion if used to modify the orbit during the application of
the communications station to a given deep-space mission.

LThe following acknowledgements are made for preparation of certain
sections of this study: Mr. John A. Wyss, antenna structures; Mr. Joseph L.
Anderson, equipment module; Mr. J. Michael Coogan, radiation shielding; and
Mr. Robert E. Slye, launch-vehicle capabilities.

i




The orbital characteristics found feasible for the example mission are
then used as a basis for estimating requirements for attitude control.
Antenna structural problems are examined next. In turn, attention is given to
the equipment module, the power supply, micrometeoroid shielding, radiation
shielding, orbital propulsion systems, and finally, to launch-vehicle require-
ments. The discussions of these problems are less detailed than that of
orbital selection.

For the purposes of this part of the study, the following characteristics
are postulated for the orbiting communications station. A paraboloidal
antenna having a diameter of 26 m is assumed for both transmission and recep-
tion of information to and from an interplanetary vehicle. An operating fre-
quency of 10,000 MHz is selected as possibly a reasonable compromise among
such communications factors as bandwidth, beamwidth, and accuracy tolerances
of the antenna reflector. The effective area is conservatively assumed to be
0.5 of the actual antenna area. For use as a recelver-relay device only, the
power requirements for communications are estimated as 75 to 100 W for contin-
uous reception of information from a deep-space vehicle, with a peak value of
approximately 1 kW during periodic periods of transmission of data to ground-
based stations. For transmission from relay station to Earth, four equally
spaced paraboloidal antennas 1.2 m are considered adequate. If transmission
is contemplated at information rates up to and including those required for
adequate volce communication to manned interplanetary spacecraft at distances
up to 10 A.U. (1.5%10° km), 30 kW of transmitted power might be required.

This figure assumes that a deep-space vehicle 1s equipped with a paraboloidal
antenna of 5.5 m in diameter. Two-way voice communication over distances
greater than about 10 A.U. probably represents a reguirement beyond that con-
templated for manned missions within the next few decades; hence, the figure
of 30 kKW for transmitted power is regarded as adequate for all foresceable
applications of an orbiting transmitter-receiver-relay station. Further anal-
ysis of the many trade-offs possible among communications parameters could no
doubt result in a more efficient communications system than the one hypothe-
sized herec.

Orbit Selection

As noted previously, it is essential to its stated purpose that an
Earth-orbiting antenna be capable of maintaining line-of-sight commnication
with an interplanetary vehicle with little or no interruption. In addition,
the necessity for constant reacquisition of the communication link should be
minimized. The selection of an orbit which enables an antenna-bearing satel-
1lite to fulfill this requirement is necessarily a compromise among a number of
conflicting constraints. For example, inasmuch as nearly all interplanetary
trajectories lie essentially in the plane of the ecliptic, the plane of the
antenna orbit should preferably be nearly normal to the ecliptic to minimize
the possibility of an occultation of the antenna by the solid Earth or its
atmosphere as viewed from a deep-space vehicle. However, the contemplated use
of precession of the antenna orbit to match more or less closely the moving
line of sight to the space vehicle requires that the antenmna orbit be inclined
to the terrestrial equator at angles 1 dictated by the precession rates
required in a given application, and by the altitude of the orbit. Because



the equatorial plane is inclined nearly 23.5° to the ecliptic, the inclination
of the antemna orbit with respect to the ecliptic could vary by nearly 47°
(between 90° - i + 23.5° and 90° - i - 23.5°) during an interplanetary round-
trip mission. In addition, the line of sight to the target vehicle is likely
to lead or lag the projection of the normal to the antenna orbit upon the
ecliptic during the mission. Hence, occultation of the antenna could occur in
some instances. Increasing the orbital altitude appears to be one obvious
means of avoiding occultation; however, the precession rate decreases with
altitude, so that for a given desired rate the (acute) angle of inclination of
the orbit with respect to the equator (and, hence, to the ecliptic) must be
decreased to compensate for the effect of the increase in altitude. Thus, the
effect of increasing altitude in an effort to avoid occultation is offset to
some extent. Furthermore, the choice of orbital altitude is subject to con-
straints. The altitude should be high enough to avoid aerodynamic drag
effects, yet not so high as to penetrate so deeply into the Van Allen radia-
tion belts that weight of radiation shielding becomes prohibitive. Orbits
beyond the radiation belts do not appear attractive, since the launch require-
ments, not only initially but also for subseguent logistic support, are large
compared with those of orbits below the belts.

The geometry associated with the antenna orbit is shown in figure 1. The
orbit is shown inclined to the equatorial plane at an angle 1; the ascending
node is at right ascension & (measured from the vernal equinox T in the
equatorial plane) or at heliocentric longitude 7 (measured in the ecliptic
plane). The angle to the instantaneous line of sight between the center of
the Earth and the target vehicle is 8 and in practical applications can be
considered to be measured in the plane of the ecliptic. Because the ratio
between the distance from Earth to an interplanetary spacecraft and the radius
of a near-Earth satellite is, for all but short pericds following launch or
preceding return to Earth of a spacecraft, several orders of magnitude greater
than unity, the reference line of sight can, with negligible error, refer to
the line of sight between the orbiting antenna and the target vehicle. As
remarked earlier, the line of sight to the space vehicle may lag or lead the
line P perpendicular to the antenna orbit by an azimuth angle @ (measured
in the ecliptic plane); likewise, the line of sight may be above or below the
normal to the orbit by an elevation angle 7 (measured in the plane normal to
the ecliptic and containing the line P). As shown in the figure, the resul-
tant of these last two angles constitutes the total look angle 6.

To assess the effect of the antenna orbit on weight penalties, an
application of the concept is made to a typical manned landing-and-return mis-
sion to Mars during the 1980 opposition period. The outbound and return tra-
Jectories of one such mission are illustrated in figure 2 (see ref. 3).
Briefly, the profile of this mission is (1) launch from a near-Earth orbit
into a 251.5~day flight to the vicinity of Mars; (2) propulsion braking into a
parking orbit about the planet; (3) launch from the Martian parking orbit
after a 27-day stay into the return leg of 208.5 days. In figure 2, the line
of sight from Earth to spacecraft is shown for a number of elapsed times since
launch. In figure 3, the variation of the related angle O during this mis-
sion is given. The dotted line shown with a slope of O.SO/day is drawn to
indicate how a single precession rate might be used to approximate the varia-
tion of the line-of-sight angle during the mission. ©Similar data for another
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round-trip mission were calculated. In this latter mission, atmospheric brak-
ing is used to establish a parking orbit about Mars, a shorter staytime of 7
days is assumed, and the optimum mission time is 427 days, or two months less
than the first mission. Here a lower single precession rate of O.ho/day gives
an approximation to the history of the angle 8. At any given time after
launch of the spacecraft from Farth orbit, the difference between the solid
curve for © and the dotted line in each case is very nearly equal to the
angle ¢ if the antenna orbit is oriented initially so that 23 = By %£90°,
where ©Og 1is the intercept of the dotted line on the & axis. The equality
is approximate since the rate of precession Q and the angle { are in the
equatorial plane rather than in the plane of the ecliptic in which &, 7, and
@ are measured. The discrepancies, although never large, are taken into
account in subsequent calculations.

The typical mission of figure 3 is selected for an application of the
concept of an orbiting antenna since its more rapid average rate of change of
line of sight appears to present a somewhat more difficult problem. Orbit
selectlon involves searching for combinations of orbital inclination and
orbital altitude which will result in precession rates adequate for tracking
the space vehicle with 1little or no occultation and at the same time minimize
weight penalties. Figure 4 shows the effects of orbital inclination and
orbital altitude upon the rate of precession for circular orbits. As an exam-
ple, if the precession rate is taken as 0.5° for the duration of the mission,
and the orbital inclination is assumed to be 95%, the orbital altitude of a
circular orbit must be very nearly 1080 km.

From considerations of the geometry involved, it can be shown that the
minimum altitude hpin at which occultation can be avoided can be calculated

from
1
hpin = <B® + hio%> <Egg—5 - %> + Dion

cos B = cos @ cos 7
where
Rp radius of Earth
hion assumed altitude of disturbing ionosphere

@ angle by which the line of sight to vehicle leads or lags the perpendic-
ular to the antenna orbit

N complement of angle of inclination of antenna orbit with respect to the
ecliptic plane

e total look angle

The angle 1 1s found from



_ 1 +cos @ tan I tan i cos b

tan N = -
tan i cos b - tan I cos 1
. gsin I sin 1
sin b = ————WW——

sin 1
where I 1is the obliquity of the ecliptic. The angle I, the heliocentric

longitude of the moving ascending node on the ecliptic, is calculated from the
equatorial angles 1 and € as follows

! =tan * A + tan~1 B

A = cos{l/E)(ijI) tan L Q
cos(1/2)(i-1) 2
_ sin(1/2) (i+I) 1
B sin(1/2)(i-1) tan 3 8
and
Q=05 + QT

where {4 1s the Initial right ascension of the ascending node of the antenna
orbit corresponding to the initial value of 1 (I3 = 8¢ * 90°) in the ecliptic;
{0 is the rate of precession of the line of nodes in the equatorial plane; and
T dis the time after launch of the interplanetary spacecraft from Earth orbit.

The angle ¢ 1s calculated from

7~ 38 + 90° for 1j = dy - 90°

I
il

P
7 -8 -90° for 1i = By + 90°

il

¢

The resultant of @ and n (the total look angle 6) is shown in figure 5.
This is the angle through which the antenna must be rotated in order to point
at the target vehicle. The rate of change 6 of the look angle is given in
the case of the example mission in figure 6. This rate is usually less than
1O/day, and for long periods it is omly 0.04°/day. The maximum rotation rate
required of the orbiting antenna is more than two orders of magnitude lower
than that usual for Earth-based antennas, and thus inertial loads would be cor-
respondingly lower. It should be noted that the pertinent angular rates are
those about axes fixed in the orbiting station, since these are the rates which
must be provided by the attitude control system. However, the rates about any
antenna axis would not exceed the rate of change of the total look angle.

The minimum altitude for no occultation 1s presented in Tigure 7.
Occultation is considered to occur if the line of sight to the target passes
through the ionosphere. For the purpose of this study, the ilonosphere bound-
ary hiop 1s taken as 80 km above the Earth. For the antenna orbital alti-
tude of 1080 km and single precession rate of 0.5%/day (i = 95°), figure 7(a)
shows that occultation occurs during three periods of about 30 days each in
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the example mission (i.e., the value of hyip exceeds the orbital altitude

h = 1080 km). During periods of occultation, communications between the relay
station and space vehicle would be impaired or prevented for generally only a
few minutes out of each orbital period of about 100 minutes. Nevertheless,
interruptions in communications may be regarded as serious near the end of the
mission since the radio station could be advantageously used as a navigation
beacon to guide the returning vehicle to an atmosphere-entry corridor.
Increasing the altitude to 1300 km while maintaining the same rate of preces-
sion is shown in figure 7(b) to be effective in eliminating occultation except
for the first two days of the mission. Occultation so near the Earth on the
outbound leg of the mission is not considered to be serious. More important
is a possible weight penalty incurred by increasing the orbital altitude. As
discussed in a later section, the structure of the relay station provides suf-
ficient shielding (about 1 g/cm?) to prevent significant radiation damage to
electronic components in the time period of the example mission (487 days) for
altitudes well beyond 1300 km. Hence, for unmanned orbiting radio stations no
weight penalty for shielding results from increasing the orbital altitude from
1080 to 1300 km. Launch requircments, of course, are somewhat greater for the
higher orbital altitude. These are discussed in a later section. On the
other hand, shielding requirements for a manned station increase sharply from
about 17 g/cmZ at 1080 km to ncarly 60 g/cm? at 1300 km, based upon a period
of YO day's exposurec.

An alternative method of avoiding occultation without increasing the
altitude above 1080 km is to divide the mission period into two or more parts,
with cach part characterized by an individual rate of precession. If an ini-
tial orbital altitude is maintained, a change in orbital inclination is
required Tor cach change in precession rate. Figure 7(e) illustrates the
results of making a plane change in the antenna orbit 140 days after the start
of the mission from an initial 93° (& = 0.3°%/day) to 95.5° (Q = 0.55°%/day)
while maintaining a constant orbital altitude of 1080 km. Again, as in Tig-
ure ((b), occultation is avoided except for the first two or thrce days, when
an occasional short interruption in communications is not regarded as serious.
The planc change of 2.5° involves a velocity increment of about 0.32 km/sec.

Another method for avoiding occultation at the lower altitude by applying
propulsion to rotate the line of nodes of the orbit was also investigated;
however, such mancuvers proved to be morc costly, in terms of velocity, than
the orbital planc change.

The forcgoing examples of solutions to problems involved in selecting an
antenna orbit for a particular interplanetary mission are in no way to be
regarded as optimal solutions. Other combinations of orbital parameters,
together with initial orientation of the line of nodes of the orbit can likely
reduce the magnitude of required plane changes and, hence, the amount of
weight penalty. It is concluded from the results obtained so far that communi-
cations stations in near-Earth, near-polar orbits can maintain essentially con-
tinuous line-of-sight communications with interplanetary spacecraft having
average rates of change of the line of sight at least as large as O.SO/day.



Attitude Control

The primary objective of attitude control of the communications satellite
is to keep an antenna accurately and continuously pointed at a target vehicle.
To accomplish this task, the antenna must be oriented in accordance with
changes in the required look angle, 8. In addition, the attitude control sys-
tem i1s required to compensate for various disturbing torques.

As noted earlier, the rate of change of the look angle would be small,
being as large as about lo/day only at the beginning and at the end of the
example mission. Accordingly, the accelerations would also be small, about
O.O5O/day2 near the beginning and end, and far less during the middle portion
of the mission. To estimate the maximum torgue which might be required to sup-
ply this acceleration, the mass moments of inertia of the transmitter-relay
station are used. The approximate moments of inertia calculated are
I. = 34,000 kg-m-sec® about the central axis c to c (sketch (a)) and
Ig = 38,300 kg-m-sec?® about the tumbling axis g to g. The required torque
associated with changing the look angle is about
0.45x107¢8 kg-m. As will be seen, these torques
are much less than those required to maintain
o] the angle accurately.

At the altitudes of interest (1000-1300 km),
the predominant disturbing torques acting on the
station would be those due to the Earth's grav-
ity gradient and to internal movements of Instru-
ments, control mechanisms, etc. Because of the
asymmetry of the example station configuration

c g (Ig ~ Io = 4360 kg-m-sec2) the Earth's gravity
gradient would produce approximately 0.0032 kg-m
Sketch (a) of torque. This value represents an average
gravity-gradient torque, since the magnitude
would change during the mission as the latitude and longitude components of
the look angle varied. An additional 0.0032 kg-m of torque is assumed to
take into account moments due to internal movements, atmospheric drag, solar
radiation pressure, Earth's oblateness, micrometeoroid impacts, etc. Whereas
the net gravity-gradient torque is taken as the root-mean-square value about
two axes, the net torque due to random disturbances is taken as the rms value
about three axes. Estimates indicate that the moments are very nearly the
same for orbital altitudes of 1080 and 1300 km. With two thrustors located
7.6 m apart along each axis, the required thrust would be 0.403 g.

Since the torque due to gravity gradient appears to be significant, the
possibility of using this effect for vehicle stabilization was considered.
This technique was not found to be attractive, however, primarily because an
antenna must look below the horizon on one side of the orbit and above the hor-
izon on the other. With a vehicle stabilized by gravity gradient the antenna
attitude would have to be cycled through plus and minus the look angle in each
orbit revolution. A more desirable approach may well be to design a vehicle
with moments of inertia that are nearly equal about all axes 1in order to
reduce the gravity-gradient torque. Additional study in this area is required.
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For the example mission, weights of propellants were calculated for each
of three requirements in attitude control, namely, changes in the lock angle,
counteraction of gravity-gradient moments, and stabilization against random
disturbances. Two different types of thrustors were postulated, one a
moderately high-thrust chemical system with a specific impulse of 250 sec, the
other a continuous low-thrust device (e.g., an ion engine) having a specific
impulse of 5000 sec. The latter type is considered to be feasible in case a
nuclear-reactor power supply 1s available to supply the large power require-
ments of a transmitter-relay radio station in orbit. The results are shown in
the table below. The advantages of using ion thrustors of high specific
impulse for attitude control are apparent from this table.

PROPELLANT WEIGHTS FOR ATTITUDE CONTROL
{Percentage of Gross Weight in Orbit]

Propulsion
system Medium-thrust Low-thrust
chemical electrical
Requirement
Change look angle Negligible Negligible
Resist
. 0.0
gravity gradient L1 8
Random
disturbances 2.0 +10

Should neither the chemical nor ion engine be available or suitable for
the purpose of attitude control, currently used devices such as cold-gas
reaction Jets could be employed. However, the weight of gas and associated
tankage would be many times larger in this case than if even chemical engines
were used.

Propulsion Systems for Orbital Use

As noted earlier, one method of avoilding occultation of the target
vehicle involves an orbital plane change. Various missions would no doubt
require different altitudes and inclinations and orientation of the orbit to
be established for the orbiting station. Hence, some propulsive device and
propellant supplies would be required for orbital maneuvering.

Two classes of propulsion systems are considered here in order to cbtain
estimates of weights required for propellants in the case of the plane change
of 2.5°. One is a chemical rocket engine having a specific impulse of 250 sec;
the other is an electric ion engine with a specific impulse of 5000 sec. The
latter propulsion system, like the ion thrustors suggested for attitude con-
trol, is considered to be practical only in the event that a nuclear reactor
is available to supply the power requirements for a transmitter-relay communi-
cations station. If the chemical propulsicn system is used to accomplish
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the plane change at the altitude of 1080 km, the propellant weight is

12.2 percent of the gross weight in orbit; if ion propulsion is possible, the
propellant requirement and engine would be only 1 percent. These welghts are
included in the total propellant weights (including those for attitude con-
trol) given in table I for various types of orbiting communications stations

considered here.

Antenna-Reflector Structures

One of the most important criteria in the design of reflectors is
achievement of accurate paraboloidal surfaces in order to achieve the desired
gain. For an orbiting antenna, these accurate surfaces must be obtained with
structures that can be packaged compactly for launch. Three types of collaps-
ible antennas are considered in the present study: (1) a fold-out, all-metal
type; (2) an antenna having a combined metal core and inflated outer panel;
and (3) an inflated and rigidized structure.

For antenna dishes of any size, good focusing and efficiency are obtained
when the surface irregularities do not exceed about one-twelfth of the operat-
ing wavelength, A (ref. L4). For example, at a frequency of 3,000 MIz, the
required accuracy is *0.83 cm; at 10,000 MHz it is *0.25 cm. With current
structural techniques, the ratio of the rms surface deviation to the diameter
is about 1074 (ref. 4). On this basis, the surface inaccuracies would be
about *0.25 em for an antenns 26 m in diameter. It follows that such an
antenna could be operated at frequencies up to about 10,000 MIz by using the
N12 relationship cited.

Fold-out antennas.- Figure 8 shows a possible design for an all-metal,
fold-out antenns having a diameter of 26 m. The antenna is conceived to con-
sist of a fixed center section 6.1 m in diameter supporting both a tower for a
Cassegrainian reflector and a short tower for a horn mount. Thirty panels are
designed to be folded rearward within the confines of a cylinder having a diam-
eter (6.5 m) compatible with a Saturn-class booster. A central core 2.44 m in
diameter is intended for use as an equipment module.

To evaluate panel deflection a simple beam analysis is used. The load
condition is assumed to be due to surface gravity so that the antenna would
have the strength and rigidity necessary for ground testing with minimum sup-
port. This assumption 1s conservative, since a lighter antenna could be used
in space and could be ground tested with an appropriate support system. The
structural material is considered to be large-celled aluminum honeycomb. Cal-
culations indicate that under these conditions, the upper and lower skins
should be about 0.08 cm thick. Analysis also suggests that the skins should
be tapered in thickness, and that tapered supporting ribs could be used. The
resulting thicknesses of skin correspond to a unit weight of about 4.9 kg/m?.
With the ribs and tower structure included, the total weight for the paraboloid
is estimated as 3900 kg. For this type of construction, the weight Wy (kg) of
corresponding antenna structures of any diameter D (meters) can be approxi-
mated by

Wy, = 30.6 D + 4.65 D7
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The first term primarily represents the weights of the tower and honeycomb,
while the second term accounts for skin weight. The variation of weight with
antenna diameter is presented in figure 9. Although the weights given by
these equations are only approximate, they are considered adequate for compar-
ison with those estimated for other methods of construction.

Antenna with combined metal core and inflated outer panel.- An inflatable
antenna structure has a packaglng advantage, partlcularly when antenna diam-
eters as large as 61 m are considered. However, some experience in industry
has indicated that at present it is not possible to maintain the desired sur-
face accuracy for diameters over 12 m. With a central rigid core retained, a
26-m diameter can be achieved with an inflatable outer section having a radial
dimension of about 10 m. A double surface structure with ribs 1.5 m deep at
the root is chosen as a design concept. Assessment of the feasibility of
achieving sufficient surface accuracy with such a large inflatable structure
requires a detailed membrane analysis which is beyond the scope of the present
study. Possible weight savings with this structural arrangement are indicated
in figure 9 where weights for this approach and the fold-out approach are com-
pared. For an antenna of 26 m in diameter, the all-metal rigid antenna has an
estimated unit structural weight of 6.8 kg/m2, whereas the partly inflatable
structure has a unit weight of about 4.9 kg/m2.

Inflated and rigidized structures.- Perhaps the greatest weight savings
could be reglized in the construction of large reflectors for use in orbit by
extending the application of inflatable-type construction discussed in the
preceding paragraph to the entire antenna reflector. In the case of antennas
having diameters as large as 61 m, the use of inflatable and rigidized struc-
tures may be necessary, primarily because they must usually be packaged in
relatively small volumes for launching. On the other hand, a number of diffi-
culties can be anticipated with such structures. For example, the unfolding
process and ground testing might well pose major problems. Perhaps the most
serious problem is ocobtaining surface accuracies commensurate with the desired
gain of antennas as large as 26 m or more in diameter. No satisfactory solu-
tion to this problem has yet been found.

Equipment Module

In the radio station conceived here, an equipment module forms the
structural backbone of the entire vehicle. Thils module is considered to be
cylindrical in shape, about 2.5 m in diameter and 10.7 m long. The antenna
of the all-metal, fold-out type, 1s assumed to be in a furled and stowed
arrangement along the outer cylindrical surface of the equipment module during
launch and flight through the atmosphere and prior to deployment. One end of
the module provides attachment to the booster; the cther end serves as the
antenna base and attachment point for the receilver-horn structure. Fig-
ure 10(a) shows how the study vehicle might be mounted on the booster. The
launch arrangement for the vehicle is conceived to be similar for both the
receiver-relay and the transmitter-receiver-relay configurations. A shroud
protects the antenna from the aerodynamic noise and buffetting loads during
launch and flight through the Earth's atmosphere. It is designed to separate
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from the spacecraft early during second stage booster burning. The antenna
is to be erected after the station attains its operational orbital altitude.

Figure 10(b) shows a vehicle in a conceptual operational arrangement as a
receiver relay. Four Earth commmications antennas are mounted at 90° posi-
tions on the base of the cylindrical portion, and the primsry and secondary
attitude-control and orbit plane-change motors are located at the ends of the
equipment module. The structure of this module consists of a monocogue-type
meteoroid shield and a honeycomb-reinforced and insulated inner pressure ves-
sel. A structural weight of about 1 g/cm? results for the module. Tempera-
ture control within the module is believed to be possible by a passive system
employing conduction through the module structure without the necessity of
maintaining pressurization during normal operation. The module contemplated
here has a volume of about 57 m® and an internal headroom diameter of 2 m.

Figure 10(c) shows an operational arrangement for a conceptual
transmitter-receiver-relay vehicle. The equipment module and antenna are sim-
ilar to those of the receilver-relay vehicle; however, as discussed in the fol-
lowing section, the greater power demand is best provided by a nuclear reactor,
generator, and radiators. The reactor unit is shadow shielded to protect the
equipment module and the active antenna components. The coolant-radiator con-
ical structure supports the generator, reactor, and shielding. The radiators
are designed to have sufficient area to fulfill the cooling requirements of
both the reactor and the communications equipment. Supplemental attitude-
control and orbit-change propellants are assumed to be stored within the radi-

ator structure.

It is estimated that the basic equipment module for an unmanned
receiver relay might weigh about 1130 kg. For an unmanned transmitter-recelver
relay, an additional 320 kg would be required so the weight would be 1450 kg.

Weights of the module components and of possible equipment are listed in
table I.

Power Supply

The power requirements would be dictated by the type of communication
system employed and the source of power would in turn be governed by the appli-
cation. Unmanned receiver-relay stations would require only about 75 to 100 W
of power for reception and a nominal 1 kW peak power capacity for pericdic
transmission to Farth. An additional 150 W should be provided to satisfy
spacecraft needs, such as battery recharging; gyroscopes; Iinstrumentation;
attitude-control mechanism, including star trackers; and any necessary pumping
for thermal control. Accordingly, the power requirements for an unmanned
receiver-relay station are estimated to be a total of 250 W for continuous
operation, with separate provisions for 1000 W for short-duration transmission

of stored data to Earth.

Among the power sources considered here for a relay station are solar
cells and radioisotopes. Solar-cell panels present a large area vulnerable to
micrometeoroids and also require constant orientation to the Sun. In addition
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to the attitude-control problems, it would be necessary to establish an orbit
which would be simultaneously and constantly in view of both the Sun and an
interplanetary vehicle. Among the advantages of radioisotopes are compactness
and the reliability demonstrated by the years of operation of SNAP-OA power '
sources aboard the Transit satellites. For these reasons, radiocisotopes were
considered as the primary source of power for the simple relay station.

The requirement for 250 W of continuous power could be met by multiple
SNAP-9A units. Ten such units, having a total weight of about 114 kg, would
be required. Power for relay transmission to Earth could be provided by a
silver-cadmium ceramic-sealed secondary battery. To provide power for 1 hour
of relay transmission per day (i.e., 1000 W-hr) during a 50-percent discharge,
the battery would weigh about 34 kg. With a 50-percent discharge once a day
in a temperature environment of 25° C, this battery has a life of 600 cycles.

On the other hand, power requirements for a transmitter-receiver-relay
station would, of course, be much greater. In the present study, as noted
earlier, a transmitted power of 30 kW from the orbiting antenna is assumed to
be adequate. With a conservative efficiency of 20 percent, an electrical
input power of 150 kW would be required. This magnitude of power can best be
realized for space applications by the use of nuclear reactors.

A nuclear recachbor with an output of approximately 0.8 thermal megawatt
could provide the required heat for a turbo-generator system. A radiator area
of about 28 m? is required to dissipate the waste heat. It is estimated that
such a power source would weigh approximately 10 to 15 kg/kw with an additional
3 kg/kw for radiation shielding. The total weight is estimated to be 2500 kg.
This figure includes the weight required for meteoroid shielding of the
radiator.

As noted in an earlier section, this nuclear power supply might also be
used to reduce the propellant expenditures associated with required orbital
mAaneuvers . :

Micrometeoroid Hazard

The penetration theory developed by Summers and Charters (ref. 5) was
used together with Whipple's "1963 A" estimate of the particle flux (ref. 6)
to determine the possible micrometeoroid hazard to an orbiting antenna. The
structural material of the antenna was taken as aluminum 0.081 cm in thickness.
If the diameter is taken as 26 m, the total exposed area of the antenna dish,
front and back, is 1121 m®. For the typical mission time of 487 days, approxi-
mately 1750 penetrations might occur. This number corresponds to 3.6 penetra-
tions per day. It may also be shown that the diameters of these punctures are
less than 0.03 cm.

It therefore appears that micrometeoroids present negligible structural
and operational problems to the antenna reflector itself. Likewise, the pres-
ent analysis indicates that the structure of the equipment module described in
an earlier section provides adequate protection of electronic components
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and other equipments against damage from micrometeoroids. On the other hand,
all radiators required for thermal control must be protected.

Radiation Shielding

In an unpublished paper, Adams and Holly of the Air Force Weapons
Laboratory utilize the computer codes of Barton, Keister, and Mar (ref. 7) to
predict radiation doses that would be received behind various shielding con-
figurations while orbiting the Earth at different altitudes and inclinations.
This work took into consideration the effects of trapped protons and electrons
(including bremsstrahlung) and solar protons.

Adams has extended this effort for a range of altitudes of interest to
this study in the case of simple spherical shields of 10 and 20 g/cm? of alu-
minum. The results in terms of rad/day received as a result of the trapped
radiation are shown in the first table below. The second table shows the
results in rad/duration of flare for various solar-proton events.

TRAPPED RADIATION DOSE*
FOR ORBIT INCLINATION = 90°
Primary bfoton Primary Bremsstrahiﬁng
dose electron dose dose

Shielding: Total dose

orbit

altitude 10 g/cnf| 20 g/cm®| Both cases |10 g/em® |20 g/cm? | 10 g/cm? ’20 g/cm?
900 km 1.6 0.83 0 0.54 0.4k 2.1 1.3
1080 km 3.1 1.5 0 .93 Th L.,0 2.3
1300 km 6.2 3.2 0 3.8 3.1 10.0 6.3
1500 km 11.2 5.7 0 8.0 6.7 19.2 12.5 J

*Dose units are rad/day

From the data in the first table, the number of days permitted in
circular 9OO orbits at various altitudes can be calculated for different alu-
minum shield thicknesses and different total dose limitations. These relation-
ships are illustrated in figure 11. (Dashed curves indicate extrapolations to
greater values of shielding.) The dose limitations shown were chosen because
they represent biological or equipment exposure limits. Recently defined NASA
average yearly dose limits for humans include 27 rads for eyes and 233 rads at
the surface of the outer skin of the entire body (ref. 8). Lehr, Tronolone,
and Horton (ref. 9), in establishing functional damage in terms of absorbed
dose for various materials and components, found that transistors fail under
doses of 2x10° to 2X10% rads.

A nonsensitive type transistor would require no more shielding than is
furnished by the structure of the equipment module (1 g/cm?) to survive for
500 days at altitudes up to 1500 km.

From the solar-flare data given in the second table it is deduced that
the total dosage received from even several flares with a specified shielding
(e.g., 10 g/cm2) at altitudes of interest here (1000 to 1300 km) during any
90-day period is likely to be about 10 percent or less than the dosage
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received from the high-energy trapped particles of the radiation belts (i.e.,

about 50 to 60 rads compared with nearly 550 rads).

SOLAR-FLARE PROTON DOSE; * INCLINATION = 900

Orbit Altitude = 1500 km | Altitude = 400 km
Shielding

Flare 10 g/en? | 20 g/cn® 10 g/em? |20 g/cm?
23 Feb. 1956

Duration = 7.77x10%sec 18.8 9-2 18.4 9.0
14 July 1959

Duration = 5.11x10%sec 7.8 1.7 T.h 1.6
12 Nov. 1960

Duration = 4.89x10%sec 15.6 5.48 15.2 5.3

*Dose units are rad/duration of flare.

Launch-Vehicle Requirecments

The launch-vehicle requircments for an orbiting relay station depend upon
the total weight of the vehicle, upon the characteristics of its orbit, and

upon the location of the launch site.
weights are affected by numerous considerations.

weights listed in table I.

As discussed in earlier sections, the

These weights, summarized in
the following table, were obtained by summing the appropriate component

Unmanned stations might weigh approximately 5,800

to 6,700 kg if intended for relay functions only, and from 9,300 to 11,000 kg
if facility for transmission is added.

LFFECTIVE ORBITAL WEIGHTS, kg
[26-m-Diameter Antenna ]

Method of Receiver Transmitter relay
. attitude control|l Weight 1 B Manned
Altitude and orbital conditon reay Unmanned .
unmanned (shielded)
changes
. Dry 5600 9250 37,500
. igeﬁig?in Propellant 1060 1750 7090
1080 km orbit prop Total 6660 11,000 44,590
2.5° plane change . Dry 9250 37,500
57 p & Electrical |prope1lant 110 450
propulsion Total 9360 37,950
Chemical giy 11ant 5222 9?22 87%;?8
. . opellan
1300 km orbit propulsion Total 5815 9615 91,070
No plane change Electrical gizpellant 923? 87’12%
propulsion |qn oo, 9267 87,858
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From the range of weights estimated for the various types of radio
stations considered, the launch-vehicle capabilities required to place these
weights into the desired orbits lie between those of such launch vehicles as
Titan ITIC and Saturn IB. Because of range safety considerations, the usable
launch azimuths from launch facilities at Cape Kennedy cannot exceed 160°.

For the example mission to Mars, initial orbital inclinations of 93° to 95°
were cited; the corresponding launch azimuths are nearly 184° and 186°. Hence,
dog-leg trajectories are required in Jaunching the communications station from
Cape Kennedy. The reduction in payload capability with increasing orbital
inclination, with an increase in altitude, and with azimuth restrictions is
1llustrated in figure 12 in the case of the Saturn IB launch vehicle. For
launches from the facilities at the westcoast launch site, no dog-leg maneuver
would be required. However, at present, the Saturn launch vehicles cannot be
accomnodated at the westcoast site. Use of the Titan IIIC vehicle might
require a reduction in the diameter of the launch configuration of the communi-
cations station from 6.5 m considered necessary in the case of the 26-m
antenna, to nearly 3 m.

A summary of launch-vehicle requirements for placing several types of
communications satellites into one or another of two prescribed orbits is
given in figure 13. The corresponding payload capabilities of three different
launch vehicles are indicated in the figure. In the case of the Titan IIIC,
launch from the Pacific Missile Range was assumed, with no restrictions on the
launch azimuth; for the other two vehicles, a dog-leg maneuver entailing a
yvawing of the second stage was assumed to take into account a restriction to
160° in launch azimuth required at the Atlantic Missile Range.

DISCUSSION OF RESULTS

In the foregoing sections, some of the major problems associated with the
implementation of the concept of an orbiting deep-space communicatlons station
were examined. To provide a realistic basis for assessing the feasibility of
the concept, a hypothetical application of the station was made to a typical
manned exploration mission to Mars.

The selection of an orbit for the communications satellite was guided by
the average rate of change of the line of sight to the spacecraft during the
major portion of the mission (0.5°/day). With a rate of precession of the
orbital line of nodes of the same value, a combination of an altitude of
1300 km and an orbital inclination of 95.40 was found to avoid occultation by
a small margin. In the case of the unmanned transmitter-relay station utiliz-
ing ion engines, the weight penalty for making the plane change of 2.50 was
more than offset by the increase in paylcad capacity of the launch vehicle for
the orbital altitude of 1080 km rather than for 1300 km. Further trials pos-
sibly could produce orbits somewhat more advantageous from the weight

standpoint.

The relative magnitudes of component weights listed in table I for both
manned and unmanned communications satellites tend to indicate study areas in
which more effort would be most useful.
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One major item of weight, particularly in the unmanned systems, is the
large antenna of the all-metal foldable type. Other possible methods of con-
struction were examined and appeared to offer lower weight and smaller pack-
aged size; however, the achievement of sufficient accuracy of construction to
assure the required gain of large antennas remains to be demonstrated with
such methods.

For the transmitter-relay station, the weight of the large power supply
constitutes a sizable fraction of the total weight. To furnish approximately
150 kW, a nuclear reactor would presumably be reguired with a resultant need
for shadow shields. Provision should be made for shutting down the reactor
during maintenance visits by technicians and for subsequent restart.

The combined weights of propellants for attitude control and for the
orbital plane change are also quite large if chemical rocket engines are used.
A capability for thousands of restarts would have to be developed for small
chemical rockets intended for attitude control for long periods of time. The
use of other metheods such as cold-gas Jets would increase the weight required
for propellants and tankage many times over that required with the chemical
rockets. On the other hand, in the case of the transmitter-relay station for
which a large power supply is essential, the use of ion engines of high spe-
cific impulse could reduce the weight of propellants needed for attitude con-
trol by a factor of 20 or more in comparison with the chemical system.
Similar savings in propellants used for orbital maneuvers could be effected,
as shown in table I.

Several other weights, such as that of the equipment module and the
aerodynamic shroud, are fairly well determined by the size of the antenna and
volume requirements of equipment, and in some cases by the launch vehicle to
be used.

The total orbital weights of the simple relay and the transmitter relay
are shown in figure 13(a). Orbital altitudes of 1080 and 1300 km are assumed,
and all stations are considered to be equipped with main antennas 26 m in
diameter.

For comparison, the corresponding payload capabilities of three launch
vehicles are indicated in the figure. Although it is noted that the simple
relay vehicle is within the launch capability of the Titan IIIC at eithexr
altitude, the diameter of the launch vehicle is too small to accommodate the
assumed all-metal foldable antenna. A smaller antenna would be required to be
compatible with the launch vehicle, and/or a different type of construction
which would permit smaller packaging for launch would have to be used. The
unmanned transmitter-relay station in the lower of the two orbits might possi-
bly be placed into orbit by a Saturn IB vehicle if ion engines could be used
for the plane change of 2.50 and for attitude control.

Figure 13(a) indicates that the orbital weights of the unmanned
transmitter-relay communications satellite are only slightly greater than the
payload capabilities of the Saturn IB and of the Titan IIIC; inasmuch as there
are distinct advantages in having a capability for transmission in the subject
communications station, efforts to reduce the weights by one means or another
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appear worthwhile. In making estimates of weights throughout this study, a
conservative approach was adopted. Further consideration of some of the prob-
lems involved in designing various components might lead to more confident and
somewhat lower estimates. In any case, one obvious way to reduce the orbital
weight of the orbiting transmitter-relay station is to accept a smaller antenna
even though some loss in performance might be sustained. If a corresponding
increase in operating frequency could accompany the reduction in antenna diam-
eter so as essentially to preserve the original gain and beam width of the
antenna, then no performance would be lost. Other factors, such as search,
acquisition, and tracking, would need to be considered in a given situation.
For the present, the effect of substituting an antenna one-half as large on
total weight in orbit was investigated without presuming any increase in fre-
quency or power. The results are given in Ffigure 13(b). The total weights of
all unmanned communication stations with the smaller antenna are shown to be
well within the launch capabilities of the Saturn IB or the Titan IIIC vehi-
cles at either orbital altitude.

CONCLUDING REMARKS

The objectives of the present study were (a) to point out potential
advantages of using an orbiting deep-space communicatiocns station primarily
for continuously tracking and monitoring spacecraft engaged in interplanetary
missions; (b) to assess the feasibility of the concept; and (c¢c) to define
problem areas in which further research and development would be necessary or
particularly advantageous.

First, the advantages found to be worth consideration are:

(a) The ability of a single orbiting satellite to maintain continuous
conmunications with an interplanetary spacecraft in contrast to
the requirement of multiple (3 or more) ground-based stations for
this purpose.

(p) Advantages resulting from the use of communications frequencies
higher than those available to ground-based stations subject to
atmospheric attenuation; these advantages can result in greater
information rates and/or reductions in size and weight of communi-
cation equipment and of power supplies on board interplanetary
spacecraft.

{c) The enabling of concurrent deep-space missions to be carried out
with greater assurance of continuous tracking and monitoring by
two independent commmications systems, one in Earth orbit, the
other the ground-based DSIF network.

(d) The capability to perform other useful functions in which
uninterrupted observations are particularly advantageous; examples
are observation of galactic radio sources over a relatively wide
spectrum of frequencies; a search for galactic intelligence; use
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as a navigation beacon for spacecraft returning to Earth from deep
space; and use as a calibration device for ground-based antennas.

Secondly, no insurmountable problems, electronic, orbital, structural,
logistical, or of other nature, were found to preclude the securing of the
cited benefits and advantages of an orbiting radio communications station.

Finally, although it is concluded that no technological break-throughs
are required to develop an operational orbiting radio station of one or
another of the types described in this study, a number of problems were found
to warrant further study and experimentation. Included among these are the

following:

(a)

(b)

Construction and packaging of lightweight, high-gain antennas for
use in Barth orbit. The present study indicates that the weight
of antennas as large as 26 m in diameter and of an all-metal fold-
out type of construction ccnstitutes over one-half of the orbital
weight of an unmanned relay station and more than one-third of the
weight of an unmanned transmitter-relay station. In addition,
means must be found for reducing the minimum diameter of the
folded antenna in its launch configuration to adapt it to the
dimensions of certain launch vehicles (e.g., the Titan IIIC) which
otherwise could in some instances place an unmanned station into
orbit. The possibility of reducing welght and package volume of
high-gain antennas by other methods of construction should be
explored, since the potential benefits are large. Inflatable
structures may be the answer.

Communications optimization. A thorough study of the
communications problems characteristic of an orbiting antenna
designed to track and communicate with another antenna in deep
space should be made to determine the most advantageous combina-
tions of communications frequencies and sizes of both antennas
within the limitations imposed by tracking capabilities, by
antenna structural problems, by availability or suitability of key
electronic components, and by other constraints. In the present
context, "most advantageous" combinations are considered to be
those which will maximize the ratio of information rate to the
interplanetary spacecraft on-board weight associated with trans-
mission of data. For other uses of the stations, such as observa-
tion of galactic radio sources, other criteria would be used to
obtain the greatest advantage.

Attitude control over long periods of time. The use of cold-gas

jets over pericds as long as 6 months for attitude control of com-
munications satellites of the types considered here would require
large weights of gas and associated tankage. This weight penalty
could be reduced if small chemical rockets could be used. Such
engines would have to be capable of thousands of restarts to be
useful in this application. Development of engines with this
capability would be of most benefit in the case of the simple
relay station. In the case of the more useful transmitter-relay
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(a)

commmnications satellite, for which a large power supply is a
requirement, the use of low-thrust ion engines currently being
developed could reduce propellant-weight requirements for attitude
control to less than 5 percent of those based on the use of chemi-
cal engines. Problems associated with the use of ion thrustors for
this purpose would no doubt require attention. Another problem
deserving study is the minimization of gravity-gradient torgques by
proper design of the orbiting radio station.

Large power supplies for extended use. The inclusion of a
capability of transmission of voice communications to manned inter-
planetary spacecraft or of command signals to distant unmanned
interplanetary probes appears desirable. In this case a power
supply capable of producing a maximum output of about 150 kW is
likely to be required to meet the probable extreme needs (voice
commmication over a distance of about 10 A.U.). Current develop-
ment of nuclear power sources for space applications could proba-
bly be continued to produce a power source of the requisite level
and suitable specific power for the presently conceived purpose.
The availability of a large power source could made the use of ion
engines practical not only for attitude control as mentioned ear-
lier, but also for orbital masneuvers which are required between
and perhaps during interplanetary missiocns.

Orbit selection.- Although communications satellite orbits
suitable for the application to an example manned Mars mission
were found in the present study, no attempt was made to insure
that the orbits were optimal in the sense that weight penalties
for radiation shielding or for orbital maneuvers were least. Also,
other interplanetary missiong may require station orbits which
involve more extensive orbital changes or higher altitudes than
the example mission to Mars. Additional study is needed of satel-
lite orbits and their requirements for a range of likely missions,
both manned and unmanned, throughout the sclar system.

National Aeronautics and Space Administration
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APPENDIX

SYMBOL DEFINITTIONS

actual areas of transmitting and receiving antennas
speed of light

diameter of the antenna, m

frequency

orbital altitude

assumed altitude of disturbing lonosphere

minimum altitude at which occultation 1s avoided
obliquity of the ecliptic

moment of inertia about c-axis, sketch (a)

moment of inertia about g-axis, sketch (a)
inclination of orbit to equatorial plane
transmitting and receiving antenna design constants
10.9 - 36 GHz

heliocentric longitude in the ecliptic plane
initial value of 1

perpendicular to the antecnna orbit

transmitted and received power

36 - 46 GHz

distance between transmitting and receiving antenna

radius of Earth

time after launch of the interplanetary spacecraft from Earth orbit

welght of antenna structures

5.2 - 10.9 GHz
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D

oL

angle to the instantaneous line of sight between the center of the Earth
and the target vehicle

value of O at the intercept of the dotted line and the &-axis on
figure 3

complement of angle of inclination of antenna orbit with respect to the
ecliptic plane

total look angle
rate of change of look angle

angle by which the line of sight to the vehicle leads or lags the
perpendicular to the antenna orbit

right ascension measured from the vernal eguinox T 1n the equatorial
plane

initial right ascension of the ascending node of the antenna orbit
rate of precession of the line of nodes in the equatorial plane

first point of Aries (the vernal equinox)
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TABLE I.- COMPONENT WEIGHTS

Antenna diameter 25.9 Meters
Receiver Transmitter-Receiver Relay
Mode relay Manned open cycle Manned partially
unmenned | Unmenned life support closed life support
Antenna (all-metal,
fold-out) 3900 kg | 3900 kg 3900 kg 3900 kg
Equipment module 1140 1450 1590 1590
Manned living module - -—- 1590 1590
Life support and thermal
control 23 230 11,360 7260
Crew - 4 men - - 450 450
Attitude-tracking inertial
system 140 140 290 290
Electrical power 110 2520 2730 2730
Communications 180 910 950 950
Rendezvous and
docking system 110 110 140 140
Antenna launch windshield 2270 2270 2270 2270
Booster attachment 140 160 180 180
Shielding 1080 km 0 0 18,600 for 18,600 for
90 days 90 days
Shielding 1300 km 0 0 68,800 for 68,800 for
90 days g0 days
Propellants for chemical-
thrust 1080 km 1060 1750 7860 7090
Propellants for electrical
thrust 1080 km 110 500 450
Propellants for chemical
thrust 1300 km 215 355 3530 3370
Propellants for electrical
thrust 1300 km 17 165 158
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“The aeronautical and space activities of the United States shall be
conducted so as to contribute . . . to the expansion of buman knowl-
edge of phenomena in the atmosphere and space. The Administration
shall provide for the widest practicable and appropriate dissemination
of information concerning its activities and the results thereof.”

-—NATIONAL AERONAUTICS AND SPACE ACT OF 1958

NASA SCIENTIFIC AND TECHNICAL PUBLICATIONS

TECHNICAL REPORTS: Scientific and technical information considered
important, complete, and a lasting contribution to existing knowledge.

TECHNICAL NOTES: Information less broad in scope but nevertheless
of importance as a contribution to existing knowledge.

TECHNICAL MEMORANDUMS: Information receiving limited distri-
bution because of preliminary data, security classification, or other reasons.

CONTRACTOR REPORTS: Technical information generated in con-
nection with a NASA contract or grant and released under NASA auspices.

TECHNICAL TRANSLATIONS: Information published in a foreign
langwage considered to merit NASA distribution in English.

TECHNICAL REPKRINTS: Information derived from NASA acrivities
and initially published in the form of journal articles.

SPECIAL PUBLICATIONS: Information derived from or of value to
NASA activities but not necessarily reporting the results -of individual
NASA-programmed scientific efforts. Publications include conference
proceedings, monographs, data compilations, handbooks, sourcebooks,
and special bibliographies.

Details on the availability of these publications may be obtained from:

SCIENTIFIC AND TECHNICAL INFORMATION DIVISION
NATIONAL AERONAUTICS AND SPACE ADMINISTRATION
Washington, D.C. 20546



