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PREFACE

On November 28, 1964, Mariner IV was successfully launched on a

trajectory that would take it within 150,000 miles of Mars. On

December 5, 1964, the spacecraft performed a successful midcourse

maneuver, altering its flight path so that it would pass within

6118 miles of the planet. The flight took approximately 7_& months,

during which time a great deal of scientific information was gathered

concerning the near-Earth environment and interplanetary space. On

July 14, 1965, Mariner IV photographed the surface of Mars, and

telemetered to Earth the most advanced scientific and technical data

regarding the planet yet recorded.

This volume, the first of a series of volumes that comprise the

Mariner Mars 1964 Project Report, describes the formation and orga-

nization of the project, and traces its development up through the time

of the midcourse maneuver. The bulk of this volume describes the

development of the spacecraft itself, including design concepts and

changes, fabrication and procurement history, and flight performance

for the early portion of flight.

The Mariner Mars 1964 mission required the use of a great many

new techniques in designing, building, and operating unmanned space-

craft. The success of Mariner IV has made these techniques significant,

particularly in the light of future space programs. It is hoped that the

operations and results documented in this volume will be useful refer-

ence to those planning future space missions.

W. H. Pickering, Director

Jet_ _.._._PropulsionLab_y

_*l_am /se_A_mg Assistant Laboratory

Dirj_ctor, Lunar and Planetary Projects

D. Schneiderman, Project Manager

Mariner Mars 1964
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I. INTRODUCTION

The purpose of the Mariner Mars 1964 Project is to

perform the National Aeronautics and Space Administra-

tion missions to Mars during the fourth-quarter launch

opportunity in 1964. This project replaces the intended

Mariner B Project launches originally scheduled for the

1964 opportunity, which had to be postponed because of

continuing Centaur launch vehicle schedule slippages.

The primary objective of the Mariner Mars 1964

Project is to conduct close-up (flyby) scientific obser-

""vations of the planet Mars during the 1964-1965 oppor-
tunity and to transmit the results of these observations

back to Earth. The planetary observations should, to the

greatest practical extent, provide maximum information
about Mars. Television, cosmic dust, and a reasonable

complement of fields and particles experiments are car-
ried aboard the spacecraft. In addition, an Earth occulta-

tion experiment will be performed to obtain data relating

to the scale height and pressure of the atmosphere of
Mars.

A secondary objective is to provide experience and

knowledge about the performance of the basic engineer-

ing equipment of an attitude-stabilized flyby spacecraft

during a long duration space flight farther away from

the Sun than the Earth. An additional secondary objec-

tive is to perform certain field and/or particle measure-

ments in interplanetary space and in the vicinity of Mars.

The Atlas D/Agena D launch vehicle used in this

project had a capability of injecting a separated space-

craft weight of at least 570 lb into a Mars transfer orbit.

It was planned to conduct two launchings of the Mariner

Mars 1964 mission from two separate launch pads. All

activities were planned to exploit the limited launch

period to the maximum extent. To accomplish this, space-

craft and launch vehicles were processed in parallel, so

that, following the launch of the first spacecraft, the sec-

ond vehicle could be launched without delay no sooner

than 2 days after the first launch.

Some unique features, challenging technical unknowns
and operational "firsts" associated with the Mariner Mars

1964 Project (and contributing to the riskiness of the

mission), can be summarized as:

1. Extended flight time: between 230 and 260 days

depending upon the trajectory (the 6000-hr lifetime

requisite is about twice previous accomplishments)



JPL TECHNICAL R E P O R T  NO. 32-740 

2. Brief (18 to 25 day) launch period 

3. Usc of numerous  modifications i n  Atlas V and 
Agcwa V to improve performance 

4. Agtr~iicr V two-burn mission using unproven propel- 
lant containment restart systcm 

5. New shroud and ejection system 

6. New spacecraft-Agcntr/ sqxiration systcm 

7. Use of the star Canopus for roll-axis attitude sta- 
bilization 

8. Use of an S-lxind coiiiiiiiinic~ition systcw a i ~ d  VX- 
trciiic, (131 inillion niilc) com~nunic~ition distances 
( 2  $ 2  tiines prior rcw)rds) 

9. Pro\isioii for d i i a l  (restartable) trajectoiy-correction 
propilsion systcwi 

IO. hfission rcbclriiring Y nionths of siicccssfiil qxicecraft 
operation to acliicvc mission success 

11. Usc. of magnc+c tap(, for storage of flight data and 
rq>I:iy after plnnetary cncolnltcr 

12. Transit I ) q ~ o i r d  khrtli’s orhit, wit11 clcwx~asiiig tcm- 
pcratiircs and Indialit mergy inpiit to solar p:iiic.ls 
rosiilting from iiicrcmiiig Si in  tlistanccs 

13. Incrcmcd coinplcsity c>vidrnccd I)y alwut 138,000 
coiiipon(w t parts coiiip:ircd to 54,000 on AJori i icr  II 

14. Use of th r  spacccr~ift-1)c.r.p Spicc Network colicr- 
cnt RF loop for direct nieasurcwient of ;i plaiictary 
environiiieii t 

Fig. 1.  liftoff of Mariner IV from launch Complex 12 
at Cape Kennedy 

2 
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preclude catastrophic accidents or natural phenomena
from causing the effort to abort before launch could be

attempted. All such actions were geared to enhance the
probability of success.

The first Mariner spacecraft (MC-2) was launched

toward Mars on November 5, 1964. The shroud failed to

separate from the spacecraft (precluding, among other

things, solar panel deployment) and the battery power

was depleted 8 hr 43 min after launch. As quickly as an

investigation had pinpointed the trouble with reasonable

certainty, an all out effort was begun on the design, fab-

rication, and testing of a new, all-metal shroud.

The second spacecraft (MC-3) was successfully

launched on November 28, 1964 from Cape Kennedy on

a Mars encounter orbit about the Sun (Fig. 1). Since

launch, the spacecraft and mission have assumed the title

Mariner IV in accordance with NASA policy governing

such flights.

As the initial trajectory would have carried the space-

craft about 155,000 miles ahead of the upper leading

edge of Mars (beyond useful range), a trajectory correc-

tion maneuver was attempted 6 days after launch. This

attempt was aborted, however, when the spacecraft roll

orientation was disturbed during the critical sequence.

The maneuver was successfully accomplished the next

day (December 5, 1964) using slightly modified timing.

As a consequence, the spacecraft will pass well within

the preferred aiming zone.

The PTM (MC-1) has been assigned to support flight

anomaly investigations at Pasadena. The backup flight-

ready spacecraft (MC-4), selected spare assemblies, and

two sets of operational support equipment have been

placed in temporary bonded storage at Cape Kennedy.

This equipment has been thoroughly checked out and is

being protected and preserved, awaiting final disposition.

Mariner IV continues into cruise with the data from

all subsystems indicating normal operation. Three CC&S

cyclic pulses have been observed as anticipated.

As of midcourse maneuver, system performance has

been within tolerance and the spacecraft has functioned

as intended during this period. Other volumes of the proj-

ect report will present flight activities and mission results

to the conclusion of the Mariner Mars 1964 Project.

3
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Ih PROJECT HISTORY

A. Background

The Mariner Mars 1964 Project developed from the

commitment of the Jet Propulsion Laboratory to the un-
manned exploration of space for the National Aeronautics

and Space Administration. Following the Vega program
in 1959 and the Mariner A, Mariner B, and Mariner

Venus 1962 Projects, Mariner Mars was activated in

November 1962, in order to take advantage of the 1964

Mars launch opportunities, despite delays in the devel-

opment of advanced second-stage vehicles.

The Mariner A spacecraft was in the 1250-1b class,

and was designed to make scientific investigations in

interplanetary space and in the vicinity of Venus during

the 1962 and subsequent launch opportunities. The
Mariner B spacecraft was also in the 1250-Ib class and

was designed to make scientific investigations in inter-

planetary space and in the vicinity of Venus and Mars

during the 1964 and subsequent launch opportunities.
Because of funding limitations, no Mars missions were

scheduled in 1962. Both Mariner A and B spacecraft were

to be launched by a vehicle consisting of a modified

Atlas D first stage and a Centaur liquid-hydrogen/liquid-

oxygen, high-energy second stage.

The Centaur vehicle, under development by General

Dynamics/Convair, had two gimbal-mounted engines,

each capable of generating 15,000 lb of thrust. Ten small

hydrogen peroxide monopropellant engines were pro-

vided for attitude control, consolidation of main propel-

lants, and final velocity correction.

The Mariner A configuration was originally scheduled

to fly the NASA planetary missions to Venus in the sum-

mer of 1962 as a developmental spacecraft on originally

designated Atlas/Centaur 7 and 8. However, slippages
in the Centaur schedule began to compromise the Venus

launches and the missions were forced into a reschedul-

ing. In the summer of 1961, Space Technology Labora-

tories proposed an Able M solid-stage, spinning rocket to

be launched by an Atlas/Agena vehicle to Mars in 1962,

with a dual capability to Venus in 1962 as a backup to
Centaur slippages. This proposal was considered but not

approved by NASA.

By the second week of August 1961, it was generally
recognized that the Centaur would not be available for

the 1962 Venus launch period. Consequently, in mid-

August, discussions with NASA explored the possibility

of using lightweight, attitude-stabilized spacecraft for

the Venus missions, since it was considered most im-

portant that the United States launch probes to the

planets in 1962 if at all possible. It was also believed by
both NASA and JPL that the inclusion of a midcourse

guidance capability and the scheduling of two launches

within the 1962 period should be accomplished if at all

possible.

On August 28, 1961, in a letter to NASA Headquarters,

JPL proposed the feasibility of a 1962 Venus mission,

based on an Atlas/Agena launch vehicle and the use of

a hybrid spacecraft combining features of the Ranger 3

and Mariner A designs. The spacecraft for Mariner

Venus 1962 was proposed to carry 25 lb of instruments

(later increased to 40 lb). Only one launch could be

guaranteed, but two were possible within the July-

September 1962 period if the Agena weight could be

reduced. The project would not require significant

changes in the Ranger schedule, but would necessitate
the transfer of certain launch vehicles.

In addition to the activation of a Mariner Venus 1962

Project, JPL proceeded with the design and develop-

ment of the Mariner B spacecraft, scheduled for launch

by Atlas�Centaur with dual Mars-Venus capability in

1964 and beyond. Simultaneous with the implementation

of the Mariner Venus 1962 program and the shift of

emphasis in Mariner B, the Mariner A Project was can-

celled, the Mariner Venus 1962 Project was activated,

and the dual planet capability for the Centaur-based

Mariner B in 1964 was established by NASA authorization.

With the new Mariner Venus 1962 Project approved,

an all-out effort was begun to design, develop, procure,

assemble, test, and launch two separate spacecraft within

an ll-month period. In addition, a significant launch

vehicle effort involving design modifications and manu-
facturing changes was undertaken. The many associated

efforts encompassing trajectory work, preparation for

launch and flight operations, design and fabrication of

special ground support equipment and handling fixtures,

and implementation of AFETR support were pursued on
a "crash" basis.

The Mariner Venus 1962 Project was undertaken with

the objective of performing meaningful scientific experi-

ments in interplanetary space and in the vicinity of

Venus in 1962, with primary emphasis on experiments

4
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relating to the surface and atmosphere of the planet. The

program would also enable the Laboratory to recoup

part of the investment in time and money already ex-
pended for the cancelled Mariner A Project.

It was determined that the total spacecraft weight
would be about 460 lb, rather than the 1050 to 1250 lb

originally planned for Mariner A and Mariner B. In

order to meet the launch schedule, tested flight assem-
blies and instruments would have to be available in the

assembly building at Pasadena on January 15, 1962.

When possible, the estimated 40 lb of instruments would

have to be procurable essentially in flight configuration,

without benefit of breadboard and engineering-model

phases of development. Except for the infrared radiom-

eter, all instruments would have to be adaptations of

Ranger or Mariner A designs.

The flight worthiness of the assembled spacecraft was

confirmed during an elaborate series of tests conducted

at Pasadena. By the end of May 1962, the equipment

was ready to ship to Cape Kennedy for final launch prep-

arations. On July 22, 1962, Mariner 1 was launched but

was destroyed by Range Safety at about L + 292 sec

because of an erroneous Atlas yaw-lift maneuver. Elimi-

nation of a faulty character in the booster guidence equa-

tion enabled the second spacecraft to be successful. At

about that time, preliminary design studies, based upon

using the Atlas/Agena launch vehicle for the 1964 Mars

opportunity, were formally inaugurated at JPL and other
NASA centers. This step was taken because it became

evident that a Mariner B mission, based on the more

ambitious Centaur, would not be possible due to unavail-
ability of the Centaur and other resource limitations.

However, it was considered important to the national

space effort to conduct meaningful scientific explorations

of Mars during the once-every-ll-year period of the
quiet Sun.

The Mars mission and spacecraft configuration studies

continued through the launch of Mariner H on

August 27, 1962. In addition, guidelines were estab-

lished for a Mariner mission to Venus during the 1964

opportunity, a proposal that was essentially a repeat,

with minor revisions, of the Mariner II concepts and
objectives.

The Mariner II spacecraft (Fig. 2) carried six scien-

tific experiments, was identical to Mariner 1, and had the

same mission: to fly by the planet Venus, performing two

scientific experiments (close-range infrared and micro-

wave measurements), and to communicate this informa-

tion over an interplanetary distance of 36 million miles

back to Earth. Four scientific experiments were per-

formed during the flight and in the vicinity of Venus

to collect and transmit information on interplanetary
phenomena.

The flight time for Mariner H was approximately

109 days. The overall flight distance was approxi-

mately 180 million miles. Mariner passed closer to Venus

than any previous Earth-launched spacecraft and was
within the desired miss distance.

The Mariner H design was a variation of the hexag-

onal concept used for the JPL Ranger series. The hex-

agonal framework base housed a liquid-fuel rocket motor

for trajectory correction, and six modules containing

the attitude control subsystem, electronic circuitry

for the scientific experiments, power supply, battery and

charger, data encoder and command subsystems, digital

computer and sequencer, and radio transmitter and

receiver. Sun sensors and attitude control jets were

mounted on the exterior of the base hexagon.

A tubular superstructure extended upward from the

base hexagon, the science experiments were attached
to this framework. An omnidirectional antenna was

mounted at the peak of the superstructure. A parabolic,
high-gain antenna was hinge-mounted below the base

hexagon. Also hinged to the base hexagon, two solar

panels folded up alongside the spacecraft during the

launch, parking orbit, and injection phases, and were

unfolded like butterfly wings for the cruise and en-

counter phases. A command antenna for receiving trans-

missions from Earth was mounted on one of the panels.

The Mariner II science payload is presented in

Table 1. The two planetary experiments were designed

to operate for a period of 30 rain and at distances ranging

from approximately 10,200 to 49,200 miles as Mariner ap-
proached Venus. These radiometers obtained informa-

tion about the planet's surface temperature distribution

and atmospheric thermal energy.

The other experiments made scientific measurements

during cruise, through interplanetary space, and in the

near vicinity of Venus. The experiments were: a mag-

netometer; charged-particle detectors, including an ion-

ization chamber and several Geiger-Miiller counters; a

cosmic dust detector; and a solar plasma detector.

Experiencing some equipment performance degrada-

tion, Mariner II passed its closest approach (21,648 miles)

5
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Fig. 2. Mariner I I  spacecraft, showing some of the science and engineering equipment 
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Table 1. Mariner II science experiments

Experiments Purpose Weight, Ib Power, w

Microwave radiometer 13.5 and 19 mm 23.85 6.0

Infrared radiometer 8.4 and 10.4/z

Magnetometer above 5.0 T

Ion chamber and particle flux detector

Protons _1, 10, 20 Mev

Electrons _> 0.4, 0.5 and 1 Mev

Cosmic dust detector above 1.3 X 10 10 gm

Solar plasma spectrometer 240 to 8400 ev

To determine the temperature of the planet surface and details

concerning its atmosphere

To determine any fine structure of the cloud layer

To measure changes in the planetary and interplanetary magnetic

fields

To measure charged-particle intensity and distribution in

interplanetary space and in the vicinity of the planet Venus

To measure the density and direction of cosmic dust

To measure the intensity of low-energy protons from the Sun

2.60

4.66

2.78

1.85

4.77

1.6

6.0

0.4

0.1

1.0

Total 40.51 15.1

to Venus on December 10, 1962, at about 20:00:00 GMT.

Earlier in the day, the tracking station at Goldstone had
transmitted a command that had started the radiometer

scanning. The scan crossed the planetary disk three times.

A total of eighteen data readings were obtained: five

points from the sunlit side, five from the dark side, and

eight across the terminator. From these readings, it was

possible to confirm some theories that existed concerning

the nature of Venus and to eliminate others. Comprehen-
sive discussion of flight results as well as other informa-

tion relating to the Mariner II mission can be found in

Ref. 1 through 19.

Radio signals from the Mariner II spacecraft were

heard for the last time by the Deep Space Instrumenta-

tion Facility station in Johannesburg, South Africa, at

the conclusion of its acquisition period at 07:00:00 GMT

on January 3, 1963. At that time, after 129 days of con-
tinuous operation, the spacecraft was 53.9 million miles

from Earth, was 5.6 million miles beyond Venus, had

traveled 223.7 million miles since launch, and had re-

turned over 90 million bits of telemetry data.

This essentially concluded the Mariner II mission, ex-

cept that data examination and analysis has continued

over an extended period of time and results are being

reported as rapidly as valid conclusions can be published.

B. Mariner Mars 1964 Proposals

The Mariner mission to Mars rested firmly on the

foundation of technological experience accumulated on

the Mariner Venus 1962 mission. Many design features
of Mariner Mars were continuations and extensions of

those applied on Mariner II, and many of the key per-

sonnel (technical, scientific, and managerial) stepped di-

rectly into the Mariner Mars effort upon concluding their

contribution to the Mariner Venus Project. This conti-

nuity was considered significant.

_rhen the Mariner Venus 1962 mission was formally

terminated, the earlier proposals for a launch repeat in

1964 to Venus were also officially abandoned primarily
due to competition for budget and manpower allocations.

It was clear that another Venus fly-by and a Mars fly-by

attempt could not both be sustained in 1964. However,

the complete success of the Mariner II had made it pos-

sible for NASA to reorient its program of planetary ex-

ploration; NASA announced that, instead of repeating
the Venus mission in 1964, it would concentrate on other

projects such as the Mars mission for 1964, and subse-

quent opportunities, and on later Venus misslons with

more advanced spacecraft.

The feasibility of a Mars spacecraft injected by an
inventory Atlas/Agena booster had been under inten-

sive study by several NASA centers since before the

Mariner H launch. The proposals resulting from these

studies were presented to NASA Headquarters and ex-

changed among the centers. Critiques of the various pro-

posals were also forwarded to Headquarters. While the

science payload was, to a certain extent, unestablished,

official go-ahead for the JPL proposal was received early

in November 1962, almost exactly 2 years prior to the
first launch possibility. Simultaneously, the Mariner B

was reduced to a low-level effort. By that time, the

Mariner Mars 1964 preliminary design had been com-

pleted, and design reviews and policy planning were

7
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proceeding. Other studies had shown the necessity for

up-rating the Atlas D/Agena D launch vehicle payload

capability by approximately 100 lb. Final designation of

key project systems and personnel was made after the

Mariner Venus 1962 mission was terminated, and

the project evolved as described in the following
paragraphs.

C. Mariner Mars 1964 Chronology

Shortly after the formal project go-ahead was given,

a master schedule (work breakdown) was established.

From that vantage point, at the onset of the project, a

total of 131 milestones were selected and their phasing

determined across the 2 year span to launch. Inherently,
these events were meant to describe the manner in

which the project was to be accomplished. Similarly,

they were intended to guide the evolution of subsidiary

planning and deadlines for governing documentation

(see Section III).

Figure 3 indicates the milestone relationships as they

were originally chosen, and also compares actual com-

pletion of milestones to estimated completion dates. Of the

131 events chosen initially, 123 were eventually needed

and did occur. Neglecting the criticality of some of these

events, aggregate schedule attainment can be summa-

rized as: 55% were accomplished on time, and the re-

mainder slipped an average of 1.96 months. To this

slippage the spacecraft contributed an average delay of

3.94 months, while the spacecraft and OSE combination

averaged a slippage of 2.96 months. This record, together

with the activities tabulated in Table 2, comprise the key

elements of project history.

Beyond this chronicle of planned activities, other

events also influenced the project to a significant extent.

Some of these events are important because they added

uncertainty, increased risk, or initiated particularly seri-

ous deviations from established plans. The impact of

these unexpected events precipitated major decisions and

often forced a reversion to contingency provisions im-

plicit in the original plans. In total, these unusual

activities resulted in changes to cost, schedule, and/or

mission success probabilities in varying combinations
and amounts.

9
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Week beginning Year

May 14 1962

r

May 21

June 4

June 11

June 18

June 25

July 16

August 6

August 13

August 27

September 10

September 17

October 1

October 14

Table 2. Mariner Mars 1964 chronology

Event

Question of Atlas/Agena-launched Mars

mission first raised due to potential

Centaur slippage.

NASA Headquarters Office of Space Science

and Applications studied effects on

budget to determine if Atlas/Agena

Mars mission would be pursued.

Study begun of what spacecraft configu-

ration could be used to fly on an

Atlas/Agena. Mariner Venus 1962

equipment shipped to Cape Kennedy

for final launch preparations.

JPL Systems Division proposals reviewed

by Project Office.

Guidelines established for more detailed

Atles/Agena mission studies.

GSFC study of a Mars mission based on an

Atlas/Agena with an Able M kick stage

in process.

Preliminary design effort formally initiated

on Atlas/Agena spacecraft identified as

Mariner M. Mariner Venus 1962 launch

aborted.

Copies of JPL Atlas/Agena Mars mission

study sent to MSFC and LMSC for study

of launch vehicle requirements.

Possibility studied of simplifying mldcourse

maneuver by less conventional spacecraft

configuration.

JPL reviewed GSFC proposal for Mars

mission. Mariner M proposal presented at

NASA Headquarters. Mariner II launch

successful, enroute to Venus. Policy guide-

line document distributed to JPL divisions

with requirements for a Mariner Venus

mission in 1964.

Possibility of partial solar pressure attitude

stabilization system studied.

Position toward maintaining Mars as an

"ecological preserve," and its effect on

spacecraft design reviewed.

Mariner M design reviewed by JPL Systems

Division and Mariner Venus 1962

personnel. Mariner Venus 1964 design

review begun.

Word received, but not official go-ahead,

that NASA Headquarters had decided on

JPL Mariner M.

Week beginning Year

October 29 1962

November 5

November 19

December 10

December 17

December 31
Jr

January 7 1963

January 14

January 21

January 28

February 4

February 11 i

February 18

February 25

March 11

March 18 1t'

Event

Preliminary Mariner M design completed.

Mariner Venus 1964 design review com-

pleted.

Official go-ahead received from NASA

Headquarters. Project renamed Mariner

Mars 1964.

Preliminary Project Policy and Requirements

document reviewed.

Mariner II encounter with Venus.

Questions raised as to whether Mariner

Venus 1964 would be cancelled.

Contact with Mariner II spacecraft lost.

Mariner Venus 1964 project cancelled.

Mariner Mars 1964 Project Manager as-

signed. First contact made with LeRC,

prospective Launch Vehicle System sub-

contractor.

Effect of including a test shot in Mariner

Mars 1964 schedule studied. Spacecraft

functional specifications released.

Atlas/Agena launch vehicle reviewed with

MSFC, LeRC, LMSC, and Air Force Space

Systems Division.

First rewrite of the Project Policy and Re-

quirements document completed.

Mariner B experimenters briefed on

Mariner Mars 1964 status. Atlas/Agena

responsibility officially transferred from

MSFC to LeRC.

Test shot dropped in favor of three launch

attempts.

Preliminary version of Launch

Vehicle/Spacecraft Integration specifica-

tion sent to LeRC and LMSC.

Project Policy and Requirements document,

representing a large increase in QA

requirements, released.

Detailed schedule completed.

New experiment package for Mariner Mars

proposed by NASA Headquarters.

Study with justification for a three-shot

mission sent to NASA Headquarters.

First "official" launch vehicle performance

estimates received from LeRC/LMSC.

10
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Week beginning Year Event

March 25 1_ _ I

April 1

April 8

April 15

April 22

April 29

May 6

May 13

May 20

May 27

June 3

June 10

June 17

June 24

July 1

J I

Table 2. (Cant'd)

Direction received from NASA Headquarters

to change the science payload. Spacecraft

design review in process.

Project Development Plan sent to LeRC for

review. First launch vehlcle/spacecraft

interface meeting held. NASA Headquar-

ters informed of project approach to

handling changed science payload. Infra-

red radiometer dropped because radio

propagation could not be accommodated.

First meeting with Project Manager and

System Manager held at LMSC, and use

of a design goal of C3 = 10.2 km=/sec _

for 570-1b spacecraft agreed upon. Com-

ments from LeRC on Project Development

Plan received and integration begun.

Science instrument interface specifications

mailed to experimenters.

Meeting regarding feasibility of combined

system tests held at Cape Kennedy.

Impact of dot component DAS, an unproven

design, realized for first time.

Decision made to use dot component DAS.

The 10-w cavity amplifier tube appeared

to be a potential problem.

First version of the SFOF/DSIF/Spacecraft

Interface Document reviewed.

Final Project Development Plan sent to LeRC

for signature.

Scope of project reduced because

of budget considerations; launch, one

spare spacecraft, and related OSE

deleted.

NASA Headquarters agreed to science pay-

load outlined by JPL in early April.

First of the biweekly project status reports

sent to NASA Headquarters.

DSIF requested to review feasibility of sup-

porting last half of Mariner Mars 1964

mission flight with 100-kw transmitter.

Last of design evaluation tests on Mariner

Venus 1962 spare spacecraft completed.

Dot component DAS reported to be behind

schedule.

Week beginning

July 8

July 15

July 22

July 29

August5

August 12

August19

August26

September 2

September 9

September 16

September 23

September 30

October 7

October 14

Year

1963

qP

Event

Final Project Development Plan sent to

NASA Headquarters. Television system test

conducted using breadboard equipment.

First issue of Space Flight Operations Plan

and launch constraints document reviewed.

Spacecraft weight reported to be as high as

592 lb. New Space Flight Operations

Plan reviewed and comments submitted.

Combined system tests planning meeting

held at LeRC. Potential late deliveries of

PTM hardware to SAF indicated.

Continued signs of late deliveries of PTM

hardware appeared due to budget prob-

lems and increased QA and documenta-

tion requirements.

Project Manager and Launch Vehicle System

Manager met to discuss launch vehicle/

spacecraft interface problems. Project

estimated to be running 6 to 8 weeks

behind schedule.

NASA Headquarters quarterly review of

project conducted. Clamshell shroud

failed to open in test.

Preliminary plan for a Mariner Mars 1966

mission developed.

Revised version of Launch Vehicle/Space-

craft Integration Document reviewed by

LeRC.

Clamshell shroud testing stopped until re-

view could be made. Late SAF delivery

predicted for many PTM items.

Potential problem of tape binding in tope

recorder reported.

System of biweekly listing of delinquent

critical areas established.

Clamshell nose fairing separation test con-

ducted at Rye Canyon. Contamination and

shock observed as possible serious prob-

lem for spacecraft.

Lifetime of lO-w cavity RF amplifier tube

indicated as potential problem. Need

to initiate a full-development over-the-

nose shroud became evident.

Project Development Plan Revision 1 sent to

NASA Headquarters.

TCM in 25-ft space simulator. High-Rel parts

procurement predicted to delay delivery

of flight hardware to SAF.
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Week beginning Year

October 21 1963

r

October 28

November 4

November 11

November 18

November 25

December 2

December 9

December 16

December 23

December 30

January 6

January 13

January 20

January 27

February 3

February 10

1 f

1964

Table 2. (Cont'd)

Event Week beginning

February 17Project requirements for documentation

reduced.

Many PTM items delivered late to SAF.

Shroud design study in process.

Reports from Ranger indicated that coating

of terminals in electronic subchassis may

have caused diode cracking.

NASA Headquarters quarterly review of

project equipment shipped to Langley Air

Force Base for SMIT test.

Over-the-nose shroud selected for use an

Mariner Mars spacecraft.

SMIT tests started.

PTM deliveries still not complete.

First five SMIT tests indicated possible atti-

tude control stability problems; next four

tests successful after modification to

reduce gas flow.

PTM power turned on. Launch vehlcle/space-

craft interface schedules signed off by

LeRC/LMSC/JPL.

Interim report of spacecraft arrival time at

Mars indicated that encounter could be

planned for over Goldstone.

SAF computer data system delivered.

Blanket freeze imposed on entire spacecraft

design. Meeting on conversion schedule for

LC 13 held.

First system test on PTM completed. Final

shroud design review. First acoustic test

performed using DTM.

Launch Vehicle/Spacecraft Integration

schedules published. Goldstone Dupllcate

Standard receiver ordered for spacecraft

STC equipment.

Canopus sensor phatomuhiplier tube failed

TA vibration test and required redesign.

Spacecraft llfe test plan completed. Famil-

iarization lecture presented to LMSC

launch vehicle personnel by Project

Manager.

PTM updated with engineering change

requests. Revision 2 of Project Develop-

ment Plan sent to NASA Headquarters.

Familiarization lecture presented to GD/C

launch vehicle personnel by Project

Manager.

February 24

March 2

March 9

March 16

March 23

March 30

April 6

April 13

April 20

April 27

May 4

May 11

May 18

Year

1964

Ir

Event

Late flight equipment delivery to SAF pre-

dicted. Concern over the status of the

10-w RF amplifier tube developed.

NASA Headquarters quarterly review, and

science experimenter's meeting held.

Question raised about soldering technique

on connectors.

Magnetic mapping of PTM begun. Test of

PTM started in 25-ft space simulator. DAS

dot diode failed in thermal-vacuum

testing.

Possible occultation experiment studied. DTM

shipped to LMSC for combined vibration

tests. Television tube failed to pass TA

vibration level testing.

Launch vehicle design reviewed at LMSC;

potential problem in Agena restart seen.

PTM completed space-simulator test.

Copies of Test and Operation Plan re-

quested by NASA Headquarters.

First flight hardware delivered to SAF.

PTM completed vibration test with very few

problems. Spacecraft separation tests

started.

Trouble appeared in low output power and

llfe expectancy of 10-w RF amplifier. TW'r

backup system initiated. Workshop meet-

ing on spacecraft testing techniques com-

pared several NASA projects.

Shroud separation tests started.

First flight spacecraft (MC-2) "power an"

tests started. DAS dot resistors showed a

tendency to change resistance value.

Review of DAS units showed that none of

the existing units was flightworthy and

all had to be rebuilt.

Occultation experiment proposal sent to

NASA Headquarters. Decision made to

fabricate flight welded cordwood con-

struction NRT DAS and modified RT DAS.

PTM used in SMIT tests in JPL 25-ft space

simulator.

Use of project P-list (see Section III) begun.

NASA Headquarters quarterly review

held. Late shipment of MC-3 and MC-4 to

Cape Kennedy delayed LC 12 launch day

to November 18. System tests started on

MC-2.
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Week beginning

May 25

June 1

June 8

June 15

June 22

June 29

July 6

July 13

July 20

July 27

August 3

August 10

August17

August 24

Year

1964

I

Table 2. (Cant'd)

Event

"Glitch" experienced by PTM in 2$-ft space

simulator isolated to faulty ultraviolet

experiment.

MC-3 system tests performed.

Canopus sensor passed TA test. Decision

made to use hybrid 10-w amplifier

system in flight.

Occultation experiment approved. Ultraviolet

experiment removed from spacecraft

flight complement. Shroud RF leakage be-

gan to be a problem.

"Free mode" test performed without cables

and with use of solar power. Canopus

sensor failed on retest of TA levels.

Trouble experienced in SFOF program.

Over 300 open problem/failure reports

discovered.

Final launch vehicle design reviewed. Tele-

vision shutter bearing design found

unsatisfactory.

MC-2 tested in 25-ft space simulator.

Addendum to Project Development Plan

issued.

Canopus sensor high-voltage power supply

transformer replaced. Satisfactory tele-

vision coverage appeared possible with

Type II trajectory.

Atlas 288 delivered to Cape Kennedy. Tran-

sistors in power subsystem found incor-

rectly mounted reworked.

Agena 6931 shipped to Cape Kennedy. Mission

Operations Plan issued for the first time.

Revision 1 of Space Flight Operations Plan

published. Computer programs found in-

adequate during first FPAC test in SFOF.

MC-2 shipped to Cape Kennedy. Earliest

launch days established for LC 13 and

LC12.

Hurricane Cleo closed down all operations

for one day. Success of Solar Plasma

Probe became questionable because of

arcing or corona.

Week beginning

August 31

September 7

September 14

September 21

September 28

October 5

October 12

October 19

October 26

November 2

November 9

November 16

November 23

November 30

YgN_r

1964

_r

Eveet

Inadvertent pressure rise recorded in 25-ft

space simulator during MC-4 test.

Hurricane Dora resulted in removal of

launch vehide from LC 13. All Surveyor

programming work in SFOF dropped in

readiness for launch operation support.

MC-3 shipped to Cape Kennedy. Atlas dam-

aged during reassembly of launch vehlde

on LC 13. President Johnson visited

Mariner operations at Cape Kennedy.

MC-4 shipped to Cape Kennedy. Launch

constraints document published.

Combined system tests completed. Flight-

worthy Canopus sensors shipped to

Cape Kennedy.

All major systems held at Cape Kennedy

reviewed by Project Office. Flight solar

panels degaussed.

All preflight tests completed, MC-2 ready

for final assembly to launch vehicle.

Final SFOF integration test. MC-3 ready for

flight.

Revision 2 of Space Flight Operations Plan

distributed. Final Standard Trajectories

published. Power converter problem

experienced on Agena.

MC-2 launched on November 5; shroud did

not separate from spacecraft; spacecraft

kept alive for 8 hr and 43 min by battery

power. Test shroud failed in simulated

launch thermal--vacuum test, giving a clue

to the failure mechanism on the MC-2

launch.

Removal of Agena retro-rockets and com-

mand destruct system to extend launch

window. Work begun by LMSC on a

metal shroud.

MC-3 final system test rerun.

LMSC metal shroud selected for flight.

MC-3 (Mariner IV) launch successful.

Mariner IV performed successful mid-

course maneuver on December 5.
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III. PROJECT ORGANIZATION AND MANAGEMENT

A. Management Structure

1. National Aeronautics and Space Administration

The responsibility for the Mariner Mars 1964 Project

at the National Aeronautics and Space Administration

Headquarters was vested in the office of the Director of

Lunar and Planetary Programs, under the overall cog-

nizance and direction of the Office of Space Science

and Applications. Figures 4 and 5 show the NASA or-

ganization of these offices.

2. Jet Propulsion Laboratory

Under the master contract between NASA and the

California Institute of Technology, JPL was assigned

project management authority and responsibility for the

Mariner Mars 1964 Project, and was also assigned the

system management authority and responsibility for:

(1) the Spacecraft System, (2) the Deep Space Instru-

mentation Facility System, and (3) the Space Flight

Operations System. Figure 6 shows the organization of

the Jet Propulsion Laboratory; Fig. 7, 8, and 9 present

the system management organizations. A summary of

system management assignments derived for the project

is given in Fig. 10, and the associated organizational

arrangement is shown in Fig. 11.

3. Lewis Research Center

Responsibility for the overall management and con-

duct of the launch vehicle portion of the Mariner Mars

1964 Project was delegated to Lewis Research Center.

This assignment included administrative and technical

cognizance and control over the Launch Vehicle Sys-

tem procurement, booster launch and flight operations,

and the delivery and analysis of flight performance and

tracking infornmtion up to the time of spacecraft in-

jection. Figure 12 presents the LeRC organization.

a. Launch Vehicle System responsibility. Upon re-

ceipt (early in 1963) of the launch vehicle assignment,

formerly held by the George C. Marshall Space Flight

Center, the Director of LeRC established as his prin-

cipal agent the Agena Project Office (Fig. 13), whose

chief became the Launch Vehicle System Manager. A de-

tached plant representative branch office in Sunnyvale,

California, also reported to the Agena Project Office.

The Agena Project Office had the responsibility of ensur-

ing proper vehicle support to several NASA projects that

use the Agena and Atlas vehicles, including the Mariner

Mars 1964 Project. Accordingly, this office entered into

agreements with Air Force representatives for procure-
ment of Atlas D and Agena D stages, and coordinated the

adaptation and use of these stages. Their responsibilities

included: transfers of funds, procurement, modification,

aerospace ground equipment, planning and implementa-

tion of launch-to-injection tracking and instrumentation,

and certification of performance and reliability analysis.

Design, development, and delivery of a qualified
launch-vehicle-to-spacecraft adapter, protective shroud,

and separation system were also a part of the launch

vehicle responsibility. This effort entailed spacecraft

compatibility considerations, logistics, facilities, and sup-

porting ground equipment for the various phases of

manufacturing, testing, and launch preparations.

b. Launch support activities. The performance of

launch operations for NASA was under the supervision

of the John F. Kennedy Space Center organization.

Operational support requirements and objectives speci-

fied by the mission, the spacecraft, and the launch ve-

hicle were levied and coordinated through the NASA

Test Support Office at the Patrick Air Force Base to

engage the capabilities and commit the local and world-

wide complex of AFETR. Similarly, safety and tech-

nical limitations were imposed by AFETR policy or by

the availability of facilities. Figure 14 shows the John F.

Kennedy Space Center organization.

4. Goddard Space Flight Center

Under the technical cognizance of LeRC, the actual

conduct of launch operations was directed by the

Goddard Launch Operations organization of GSFC, also

shown in Fig. 14. In addition, the communications divi-

sion of GSFC provided the national and overseas data

transmission line network support during the space flight

testing and operations phases of the project. The GSFC

organization is shown in Fig. 15. The data transmission
services were supervised by the NASA Tracking and

Data Acquisition Office.

5. U.S. Air Force Space System Divisions

Essentially, the Air Force Space Systems Division (and

their designees) acted as agents for LeRC in procure-
ment, logistics, and management support of the launch

vehicle. The operational, administrative, and technical

support to obtain and deliver the basic Atlas/Agena was

14



0

I'-

o_

6
Z

n,
0
O-

J

U

Z

U

t-
.J
O.



0

l'-
d_
O3

d
Z

f-
ry
o
n
W
n-

.J

U

Z
T
U
W
b-

d
n
"3 .... u_

± i z<_
_ I _z__o2

!

<

z _ I
o _. I_ u

< _ = z _:-']o

o

• 3 o

o _

z_ _

<

I

o

> _

N •

<

<

= ,

£

z

' 4
<

<_

_ S

< >-

o;
2 z

- _ _

o •

}

z

2 :

ff
< g

o

z

<

o

<>

z_ _

3

5 _ 8 S

o

_z v/V

28 _S x_<
<zS_>

ZZz_o <
_ _zO .<

£ _# s5

_____1

5

-- L

• 2
_ < z

_ o

?_ i z

--1 •
?

_ - _ _ I
V I

N
_ ------]

z _ _ :_ >_ '_. _ _8o _o o

ou d I

y
z

\\\\\\\\\\\\\\\S\\\\\\\\\,\\\\,,\\

S5 oo_
-4_, e--c-

o=

o
z <

38 S
8

g _

, = us

,'z _

,, ! -z

,"_ 8

\ u ._ ,

bo :_o:

:< _ ,'z

:g o_ q ,'_ oN

\< <_

,z z_

t<
Xl

2

-< 4
W

o _ ::_.q _ .... _ _8

_z o ca _,6 o

8

z__ _

<

st<
8 <_ S8

S _ _5
S

__ F

z
s 22
> _

og_ z<

c o>-_ _> >

:o8 s

e z_

z _e
<

I
!

I

v : 5 _<

o

S W <
o -_

z _

T

I

o ___
_ o_
z ta

5 £q

o _

2z
U _s

3

z =
z

7

Uu

o_

o _< ___

o 8_ os

0 ___> _ _:

_s z

_,z s

za o
z2

2

S o 5

J _

; r

g _
u o

< __
o
c <

_ :

©

c

c-

O

N

_-a_1 '-e-

_ _1 0

u_

Z

°-

=:_ z"

z o

s!

z < __oral
_!

I
_=< a I

t}o_z <

m

u_

o
o

z b
_Od _.

_g g
-- t: g

A_ S

u

_ o
_z t

_<z 4

< <
o _
m .

o2_ .

L--q
2 _

2 5

_-_ .$

I

g3

t

A



z

u

0

d
z
t-

O
Q.
w

_1
<
0

Z
I
0
Ixl

-1
Q.

-t

£$, o
S£S
z5 _i

z_ =
-oo

z<
_>
z_

2_ 4

_x3
_z .
z U _

__oz _

I I

I

...j,,

0
°-

N
°-
I=

o

c
o
E

E

o

_L

d

I"



0

dl

d
Z

n,
o
n
w
n-

._1

U

Z
i
U
Ixl

.J
n _ u

b _

2 S o_

/

< __
_u =
o
2

c .

[--

5

u

o_

<_ •

_z
_3

_z

7

_Oz

/z_@

7
sz •

_zO _

o o

_,_! ....b" <1

.<=, _

-_ Nzb_

s _s---

o W_

d °

o_.

oz
2_

_o

<

2

_°_o>

z_

---l--

o_O

_o o

-- i_

z

: ,, p

z

S

_z "_

>-__ z

|

m

<

=
, u

) _

)
z

_ z

_ z
o

5

g_

z

2 _

z

zz

z_,
_s
s2Z_

,- t'-

0

X



JPL TECHNICAL REPORT NO. 32-740

I SPACE FLIGHT OPERATIONS
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AND COMMAND
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I I
LAUNCH VEHICLE SPACECRAFT

SYSTEM MANAGER SYSTEM MANAGER

LeRC JPL

LAUNCH VEHICLE DEVELOPMENT AND
PROCUREMENT

LAUNCH VEHICLE PERFORMANCE AND

TRAJECTORY
LAUNCH VEHICLE RELIABILII_

LAUNCH VEHICLE POST FLIGHT ANALYSIS
LAUNCH VEHICLE DOCUMENTATION

SMALL VEHICLE SYSTEMS INTEGRATION,

AND ENGINEERING
SMALL VEHICLE COMPATIBILITY TESTS

LAUNCH VEHICLE AGE DEVELOPMENT

AND PROCESSING

LAUNCH VEHICLE AGE COMPATIBILITY
LAUNCH VEHICLE AGE DOCUMENTATION

LAUNCH VEHICLE AGE RELIABILITY
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OPERATIONS CREWS
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Fig. 10. Mariner Mars 1964 system assignments
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provided in accordance with usual Air Force procedures.
The Air Force monitored and concurred with the conver-

sion of the basic AtIas/Agena launch vehicle necessary to

accomplish NASA mission objectives.

6. Industrial Management

The incorporation of Mariner mission-peculiar equip-

ment in the Agena D and the adaptation of conventional

Agena D military hardware were performed by the

Medium Space Vehicle Programs Office of Lockheed

Missiles and Space Company under the cognizance of

the company's Space Programs Division (Fig. 16). This

organization was effectively under contract to LeRC to

discharge all launch vehicle responsibilities, except for the

procurement of the basic Agena D vehicles. The Medium

Space Vehicle Programs Office interfaced with

General Dynamics/Convair, producer of the Atlas D,

and with Space Technology Laboratories, the launch

vehicle trajectory and flight performance analysis con-

tractor. The local LeRC Plant Representative Office was

located adjacent to the Medium Space Vehicle Programs

Office, which facilitated monitoring of LMSC status and

permitted coordination of interface activities between

JPL, LeRC, and other agencies involved. Design, quali-

fication, and delivery of the shroud system was also per-

formed by the Medium Space Vehicle Programs Office.

7. Permanent Project-wide Bodies

In order to use the relationships and experience devel-

oped on earlier Ranger and Mariner missions, existing

advisory panels were used for Mariner Mars 1964, which

provided technical advice to the Project Office and

SPACE PROGRAMS DIVISION

G. H. _UTT, VICE PRESIDENT AND GENERAL MANAGER

H, T. LUSKIN, ASSISTANT GENERAL MANAGER

M. C. WILLIAMS, ASSISTANT GENERAL MANAGER

I I I
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,_ ADMINISTRATION AND I
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R. M. SPATH, MANAGER

I
MEDIUM SPACE

VEHICLE PROGRAMS
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I

SCHEDULES AND

COORDINATION

R. W. DODDS m MANAGER

._ SATELLITE AND

PROBE PROGRAMS

J. T. HART, JR., MANAGER

J. J. KENNELLY, MANAGER

I PRODUCT ASSURANCE

E. L. WOOD_AMS, MANAGER

GEMINI PROGRAM tH. J. RALLARDI MANAGER

"-r
I

INDUSTRIAL

ACCOUNTING

R. H. KIMBALL, MANAGER

LARGE SPACE

'VEHICLE PROGRAMS
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I
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C. D. McKEREGHAN, MANAGER

__ ENGINEERING IA. J. STEELE, MANAGER
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PROCESS
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I
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PROCUREMENT
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I
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Fig. 16. Lockheed Missile and Space Company, Space Programs Division organization
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systems managers. These panels, however, exercised no

technical direction over JPL, LeRC, or their contractors.

a. Performance control, traiectories, guidance and

control, and flight dynamics panel. This panel continu-

ally monitored, compiled, evaluated, and coordinated

data relating to performance, trajectories, guidance and

control, and flight dynamics as they interacted with the

launch vehicle, the shroud, and the spacecraft.

b. Tracking, communication, inflight measurements

and telemetry panel. This group continually monitored,

compiled, evaluated, and coordinated data relating to

tracking, communications, inflight measurements, and

telemetry as these items interacted with the launch

vehicle, the shroud, and the spacecraft.

c. Launch operations working group. This group acted

as the prime mechanism for coordinating flight prepara-

tions at Cape Kennedy. Members participated in launch

vehicle, spacecraft, support facilities, and range readiness

meetings.

d. Launch vehicle integration group. This group, rep-

resenting working levels of LeRC, LMSC, and JPL, was

concerned with resolving incompatibilities between the

launch vehicle, the shroud, and the spacecraft. The group

proposed resolutions to interface problems and sug-

gested acceptability criteria.

8. JPL Staffing at Cape Kennedy

Due to the unique critical character of the field and

launch operations phase and to the need for extremely

accurate and timely communications between the field

operations and JPL Pasadena during this phase, a special

JPL manning plan was devised to support Cape Kennedy

activities. The prime ground rule was to have enough

background information and the proper number of people

with the correct kinds of equipment and experience

available on the spot to investigate and recommend

action or to make good decisions quickly. The basis for

the staffing plan, diagramed in Fig. 17, was:

1. An optimum balance of engineering and manage-

ment capability in support of launch operations was

maintained between Cape Kcmmdy and Pasadena,

where the TA subsystems, PTM, parts stock, envi-

ronmental test laboratories, procurement means,
and other non-operational resources remained.

2. No repairs, except replacement at the assembly level,

were planned for the subsystems at Cape Kennedy.
As a general rule, emergency rework or retrofit was

performed at JPL or at the facility of the contractor

who originally fabricated the unit. In the latter

case, quality control surveillance was at least as

thorough as that used for the original fabrication.

3. No equipment was assembled to, or removed from,

the spacecraft and tested or handled as a subsys-

tem, other than those exceptions specifically ap-

proved by the Spacecraft Systems Manager.

4. Each Cape Kennedy division representative was a
full-time member of the AFETR team and exercised

both administrative and technical control over the

members of his division comprising his staff. The

divisional people assigned to spacecraft checkout
teams were under the control of the Spacecraft

Operations Manager rather than the division repre-

sentative. Tile Cape Kennedy division representative

provided liaison with his counterpart at Pasadena.

Travel of extra personnel to the field was closely con-

trolled by the JPL Project Office. The designated report-

ing channels and lines of authority and responsibility

crossed and superseded those of the formal JPL organi-

zation, and were applicable for the duration of an
individual's residence at the launch base.

B. Intra-project Arrangements

In addition to the organizational framework discussed
above, certain functions were expressly established and

defined in the top authorization and control documents.

When approved by the responsible individuals, these

publications constituted the set of agreements to perform
or commit the sexwices and support of the various organ-

izations involved. In many instances, the exact method

and procedure to be followed was also described so that

delegated authority could be appropriately exercised.

1. Authorizations

The NASA Headquarters approval for the Mariner

Mars 1964 Project was established in the Project Approval

Document. On the basis of the mission objectives and

other information contained in this publication, and in

conjunction with the NASA Management Instruction

4-1-1 (which outlines how the resources and diverse
talents of the NASA centers are to be marshalled on a

project), JPL prepared the Project Development Plan.

Primarily, the Project Development Plan developed the

System Management function and responsibility assign-

ments. In addition, it also summarized the mission or

project objectives, justification, technical plan, quality

and reliability considerations, procurement management,

resource needs, operations plan, reports, and the charters
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or operating relationships. The master schedule mile-

stones and due dates were also contained in the Project

Development Plan. The management assignment agree-

ments proved extremely important in handling the

spacecraft/launch vehicle/AFETR interface and plan-

ning, because the Launch Vehicle System and AFETR

resources were significant responsibilities not under the

direct control of JPL management or project authority.

The Mariner Mars 1964 Project Development Plan was
amended three times; the last addendum was made to

include the oeeultation experiment and to revise the

science instrument payload. This compact was signed by

all managers and agents contributing to or committing

resources to the project.

2. Interfaces

Beyond the agreements reached and described in the

Project Development Plan, a set of documents was

developed that expanded upon the requirements and

restraints prevailing between the various subsystems.
The chief documents of this kind are listed in Table 3.

The relationships existing between the systems are

diagramed in Fig. 18. As far as possible, interfaces were

administratively and technically designed to provide the

simplest interchange (and thus produce a minimum nmn-

ber of errors) across the boundary lines.

3. Communications

Because of the diversity of participation and the

necessity for close control and coordination of activities

to meet a brief launch opportunity, measures were

undertaken to promote better understanding of the

mission. Its challenges, such as meeting each schedule

milestone, had to be brought to the attention of everyone

possible who could, by his actions, influence the success
or failure of the effort. In order to assist in the resolution

of problems, keep the channels of communication open,

and inform and unite the different organizations toward

achieving the objectives of the Mariner Mars 1964

Project, numerous personal contacts were made. Launch

vehicle contractors, spacecraft contractors, DSIF tracking

stations, and AFETR personnel were contacted as much

as possible and given briefings on the mission.

C. JPL Planning and Implementation

In addition to the project management responsibility

for the Mariner mission, JPL was also responsible for:

(1) the design, fabrication, and testing of the spacecraft

and its associated ground support equipment; (2) the

space flight operations of the spacecraft from injection

to planetary encounter; and (3) the Deep Space Instru-

mentation Facility tracking operations. To implement

these responsibilities, certain techniques were developed

by the Project Office.

1. Project Policy and Requirements Document

The Project Policy and Requirements document

(Appendix A) established the operational procedures for

the project within JPL by stating mission objectives,

system requirements, and milestones, and by providing

an overall guideline schedule. The document bears a

similarity to the Project Development Plan in that it

represents the compact between the JPL Project Office

Table 3. Interface documentation

Document
No. Subject Cognizant agent Type of interface Interface areas

EPD-59

EPD-150

EPD-151

EPD-159

EPD-203

PD-21

PD-23

BRD-4900

PRD-4300

Science instruments requirements

Policy and requirements document

Spacecraft/launch vehicle integration

JPL

JPL

JPL

Technical

Management

Technical

Spacecraft/sclence instruments

Project/technical division

Spacecraft/launch vehicle

Spacecraft/SFO/DSIF interface

SFOF capabilities

Mission operations plan

Launch constraints planning

Booster requirements document

Program requirements document

JPL

JPL

JPL

JPL

LeRC

AFETR

Technical

Facilities

Operations

Operations

Technical and operations

Technical and operations

Spacecraft/SFO/DSIF

Project/SFOF

All systems/launch operations

Project/launch operations

Launch vehicle/AFETR

Mariner Mars mission/AFETR
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Fig. 18. Project/system interfaces
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and the JPL line management for execution of the proj-

ect. Together with the budget guidelines issued period-

ically, this document became the keystone for conduct

of in-house project activities. In many eases, the JPL

technical divisions engaged subcontractors to perform

services in line with the responsibilities defined in the

document. Among the basic innovations and extensions
to the similar document used for Mariner II were the

following additional requirements:

1. Parts screening

2. Problem/failure report system

3. In-process inspection

4. Comprehensive documentation

5. Rigorons status monitoring

The policy and requirements document complemented

the Project Development Plan by expanding the system

management concepts into a matrix organization

(Fig. 19) and presenting a compatible project master
schedule.

To coordinate (at the peak) 1100 individuals working

on the project at JPL, Project Representatives were

designated for each JPL technical division. Of all the

personnel in each division, the Project Representative

was the one authority familiar with overall aspects of

the project, He policed the interfaces, monitored the

progress, aided in the exchange of information and, in

general, was the catalyst for the project in his parent
division.

Wide dissemination and continued reconfirmation of

basic policies and requirements tended to ensure that

the entire "team" was moving toward established goals

and that progress could be defined by suitable measur-

ing points. Only two revisions were needed to the orig-
inal policy and requirements document: one made the

initial space flight operations requirements more explicit,

and the other reduced documentation requisites when
serious slippages on that account seemed imminent.

2. Weekly Project Meetings

Regular meetings were held with the JPL system

managers and the Project Representatives indicated in

Fig. 19. At these meetings, each representative reported

upon what he considered to be the most serious problems

I
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facing his particular area. From these reports, assign-
ments for the action to be taken were made and carried

in the weekly minutes until the action was completed.

The minutes were published and distributed rapidly to
all interested personnel at JPL.

In the JPL matrix organization, the Project Represen-

tative's parent technical division was involved in activi-

ties other than Mariner, and the Project Representative

held influence over only those resources committed to

the Mariner project by the division manager. Recogniz-

ing the limited authority of the Project Representatives,

the Project Office, in cooperation with other projects,

participated in an "overlay" series of monthly meetings

with the division managers (the controllers of all man-

power resources) to inform them of the project's prog-
ress, to receive reports of their division's contribution to

the project, and to solicit their advice regarding the

project. The ultimate objective was to keep division

managers properly informed so that they would be better

prepared to bring manpower to bear when a serious
problem occurred.

Although there was a certain amount of redundancy

in this system, it is believed that these meetings, by
occasionally drawing the division managers into project

affairs, resulted in a more rapid and effective commit-
ment of talent to the crises that did arise. As a matter of

interest, five outstanding examples of such crises can
be noted:

1. The inability of the early spacecraft Canopus

sensor photomultiplier tubes to pass the launch
vibration environment

2. The deterioration of the spacecraft DAS pellet re-

sistors under high temperature test

3. The inability of the original TV camera vidicon

tube to survive unexpectedly severe vibration envi-

ronment on the cantilevered scan platform

4. The slow degradation of the spacecraft S-band

power amplifier triode over hundreds of hours of
operation

5. The rupture of the fiberglass shroud during the
Mariner III launch

Each of these crises were "firsts" in that these devices

were being flown for the first time on any mission.
Examples (2) and (4) were recognized and solved in the

Spring of 1964 by the division managers grouping to-

gether special task forces of considerable size and ability.

Appropriate techniques were applied both within and

outside JPL for the resolution of the other problems.

3. Documentation

In addition to the control and interface publications

evolved to identify management and technical factors,

the Project Policy and Requirements document also des-

ignated a series of overriding Laboratory-wide specifica-

tions that applied to JPL systems and responsibilities,

and that could be revised only with prior concurrence

of the Project Office. 1 Essentially, these specifications

defined the process quality level desired.

The policy and requirements document also called for

the preparation of other major classes of internal docu-

mentation and reports at times appropriate to the status

of design or hardware evolution. A summary of this lit-

erature applicable to the Mariner Mars 1964 Project is

contained in Appendix B, and one form of the drawing

tabulation is given in Appendix C. Both of these lists

were compiled and issued periodically throughout the
lifetime of the project.

4. Change Control

Following the precedent established with the Mariner
Venus 1962 Project, a sequential "freeze" was imposed

on the design of the Mariner Mars 1964 spacecraft.

Basically, it was necessary to phase the "lock up" of the

spacecraft design in a discrete sequence without inhibit-

ing necessary design action. The problem of when and

how to freeze the design was complicated by the natural

tendency of the hardware-producing divisions to set the

cut-off date as late as possible, preferring other areas to

freeze as early as possible. The main significance of the

early freezes, since they concerned functional character-

istics, was the fact that design decisions and trade-offs

had been made. A tardy freeze date implied that certain
functional definitions were not solidified and that hard-

ware delivery would probably slip. This forecast was

uncomfortably accurate.

If an item was frozen, it simply meant that changes

were discouraged, although such changes might be made

if an engineering change request was reviewed and ap-

proved by the Spacecraft System management. Appeals

could be made to project management if the change

were not approved by Spacecraft System management.

'Mariner C Project Policy and Requirements, Engineering Planning
Document No. 150, Jet Propulsion Laboratory, Pasadena, Cali-
fornia, February 25, 1963.
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Throughout the project, however, there was no instance

in which the Spacecraft System Manager's decisior_ was
reversed.

In ordcr to effect control, a freeze list was inaugurated

on March 11, 1963, which included all released functional

specifications. This gave the cognizant division engineers

freedom to change the internal designs as long as the

functional specifications were not violated. Additions to

the freeze list were made periodically and distributed

broadly; the final version (Appendix D) was released
December 3, 1963.

Other controlling documents, such as the spacecraft
envelope control drawings and circuit interface draw-

ings, were progressively placed on the freeze list. In

15O

general, interfaces were resolved and controlled as rap-

idly as possible until January 1964, the time of delivery

of the PTM equipment for assembly; at that time, a total

spacecraft freeze was imposed. After that date, it was

felt that any change would have a significant impact on

the rest of the system. Recognizing the need to resolve

spacecraft/OSE incompatibility on the ground equipment

side of the interface, total OSE freeze was deferred until

May 1964. Only changes regarded as mandatory for

mission success were subsequently permitted. Such

changes were still numerous, as shown in Fig. 20 and 21.

Some of the delay in closing out the engineering change

requests was attributable to processing time, especially

when key indMduals were occupied with launch opera-

tions. The total engineering change request listing is

contained in Appendix E.
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A numerical list of engineering change requests is

provided in Table 4, in which it can be seen that the

more proven or conventional subsystems, such as the com-

mand subsystem, the CC&S, and the data encoder, had

relatively few changes in view of their complexity. In

Table 4. Approved engineering change request records

Item Spacecraft

Miscellaneous

System level

Radio

Command

Power

CC&S

Data encoder

Attitude control

Pyrotechnics

Wiring and cabling

PI PS

Thermal control

Tape recorder

DAS

Cosmic Ray Telescope

Cosmic Dust Detector

Trapped Radiation Detector

Ionization Chamber

Solar Plasma Probe

Helium Magnetometer

Planetary scan platform

UV photometer"

Television

Computer data system

Telemetry processing

Central timing

GCS

Central recorder

Ground telemetry

Total

OSE Total

-- -- 15

155 2 157

69 14 83

19 9 28

79 20 99

32 8 40

38 4 42

127 22 149

27 8 35

105 39 144

14 -- 14

30 -- 30

51 6 57

32 35 67

13 1 14

10 -- 10

9 1 10

13 -- 13

45 -- 45

17 -- 17

29 -- 29

18 -- 18

32 -- 32

-- 5 5

-- 2 2

-- 3 3

-- 10 10

-- 4 4

-- 20 20

946 213 1174

aNot included in totals.

contrast, such interface areas as the system level design

and spacecraft wiring, and the more experimental sub-

systems such as radio and attitude control, experienced

more numerous revisions. Also, the comparatively late

definition of the science hardware caused these units, in

most cases, to have relatively fewer changes.

Another way of evaluating the data in Table 4 is to

consider the number of serious basic design changes

imposed. While many of the 1174 total changes were

for routine improvements or to keep complete records,

several significant design revisions also occurred; these

involved either an extensive change, a potentially major

hardware delivery perturbation, or some other threat to

mission success. These major changes can be enumerated
as follows:

1. Deletion of the infrared spectrometer and resulting

adjustment of the science payload in April 1963

2. Incorporation of a hybrid radio subsystem design

in the spring of 1964

3. Addition of tile CC&S relay electrical latch module

4. Removal of the ultraviolet photometer experiment

5. Revision of the magnetometer power supply to pre-
clude interference effects

6. Continual redefinition of the gas system plumbing

hardware and its routing

7. Replacement of the Canopus sensor high-voltage
transformer

5. Problem/Failure Reports

Complementing the design freeze and change control

system was the incorporation of a rigorous problem/

failure reporting system, which was also a strong tool.

Problem/failure reports had to be written on any

anomaly whatsoever associated with the spacecraft,

beginning with the testing of the first modules that

would ultimately be used in TA, PTM, or flight space-

craft. Preparation of these reports, which were to be

written as soon as possible after the observance of im-

proper operation, continued into the space flight phase.

The results of this system are discussed in Section XXII.

An estimated 1070 of these reports were written after

freeze and resulted in design modifications through engi-

neering change requests.

6. Reviews

Quarterly reviews of the project status were held by
NASA, and, on these occasions, the Project Office was
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exposed to careful scrutiny in all areas. The burden of

this and many other reviews fell heavily upon the matrix

organization.

In addition, a detailed spacecraft subsystem review

was held in the spring of 1963. In the summer of 1964,

a series of pre-shipping acceptance reviews were held on

each prototype spacecraft. A series of launch readiness

reviews at JPL and Cape Kennedy determined equip-

ment flightworthiness based upon test qualification and

problem/failure report experience. In addition to these

"motivational" briefings, numerous reviews were also

held regarding launch vehicle performance and prepara-

tion. Beyond these formal project examinations, the cog-

nizant areas were given continuous internal critical

analysis and careful study. Quality Assurance personnel

performed similar efforts. When crucial problems were

uncovered, they continued to receive Spacecraft System

and project management attention until satisfactorily
resolved.

7. PJist

Following the precedent formed on the Mariner Venus
Project, a P-list was established to focus attention upon

and keep cognizant individuals informed of all problems

that were considered to be jeopardizing the mission. By

agreement with the technical divisions, once a problem

was serious enough to be placed on the list, the most

effective people available were to be assigned to its

solution. In order to preserve its emphasis, the list was

not issued until about 4 months before spacecraft deliv-

ery to Cape Kennedy.

The list duplicated a problem/failure report in some

instances, but it was broader in scope; and, when issued

rapidly and used judiciously, it was an effective tool.

Essentially, it focused attention upon those problems

most in need of resolution. The composite P-list sum-

mary (Appendix F), shows that the average response

time to resolve a problem was 27.8 days, the maximum

response time was 134 days, and the minimum time was

I day.

8. Pocket Guide

One small but effective informal technique to dissemi-
nate information of broad interest was the distribution

of a pocket-size notebook to matrix and management

personnel. As informative data were obtained, they were
reduced and distributed to book holders. While this

information was never considered flawless (and there

was never a concerted effort to keep it up to date), it did

provide material for quick reference and enabled per-

sonnel to become quickly oriented to many aspects of

the project. At various times, schedules, reference num-

bers, command, telemetry channel, and telephone lists

were included, as well as graphic presentation of such

data as launch window and launch configuration. The

"little black book" is expected to be further enhanced

with flight information as particulars become available.

D. Schedules and Progress Monitoring

1. Schedule Packages

The progress of the events listed in the master schedule

(Fig. 3) was reported regularly to NASA Headquarters.

These same milestones were also listed in the Project

Development Plan (together with the signature concur-

rence of the system managers), and from them a series

of more detailed schedules was generated. One prime
set of schedules involved the launch vehicle and AFETR

responsibilities of LeRC. Similarly, the Project Policy
and Requirements document also contained a basic

schedule with a few carefully defined line items com-

patible with the Project Development Plan. In addition,

the Policy and Requirements document called for the

preparation of a comprehensive set of schedules by

the JPL personnel cognizant of each activity. Accord-

ingly, the second prime set of schedules also included

one set of charts, which was a condensation of the

launch vehicle interface planning and status as described

in the first prime set of schedules. All of these schedules,

presented in Appendix G, formed the basic progress

reporting structure. The total schedule package, kept

internally compatible and deriving its major end dates
from the master schedule, served as a reliable source for

the regular project status report to NASA Headquarters.
Major schedule revisions were made several times dur-

ing the life of the project (the schedules were updated
about eight times).

It was the policy of the Project Office to accept the

schedules as being, at all times, dynamic in nature and,

therefore, subject to change with prior concurrence of

the Project Office. Unilateral revision of project mile-

stones was prohibited. Accordingly, it was also Project

Office policy to insist that all phases of the project be

scheduled with the best available information, and to

use the schedules as a measurement of planning
efficiency.

With each schedule slippage, certain sacrifices were

made and greater risks taken. In effect, acknowledgment

of a delay meant that some desired aspect of the project
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was abandoned, which reduced confidence in the ability

to achieve the mission objectives. When problems oc-

curred that threatened the possibility of meeting the

immutable launch period, the project grudgingly fell
back to the next most favorable course of action avail-
able at the time.

From time to time, selected areas also provided special

or expanded schedules to assist planning and communi-

cations regarding those aspects of the project. An exam-

ple is the SFO test schedule issued in conjunction with

the Space Flight Operations Plan.

2. Flow Plans

To control the interval between the time that the

system was defined and the time that flight-qualified
assemblies were delivered to SAF, a third set of sched-

ules was prepared. These schedules were more detailed,

but intentionally not so extensive as to require handling

by a computer. They were also constrained to conform to

the prime and secondary sets of schedules. They per-
tained exclusively to the development of the spacecraft;

they resembled PERT in format and intent and were

called flow charts. A separate flow chart was assigned

for preparation and reporting for each item on the equip-

ment list, which had to be prepared by the Spacecraft

System Manager as early as possible after the system

design. The equipment list enumerated the spacecraft

assemblies in the configurations in which they were to be

carried as spares, tested environmentally, and delivered

to SAF. Since an assembly would typically involve

modules from more than one technical division, it was

necessary to assign its flow chart to one Project Repre-
sentative, with the Project Representatives from the

other divisions supplying inputs.

A number of standard milestones applicable to all

equipment is defined by the Policy and Requirements

document for use on the flow charts. Emphasis was

given to accurate notation of the relationships between

events, and to the hardware or information exchange
deadlines across the divisional interfaces.

Examples of the flow charts are given in Appendix G.

The diversity of the format was of considerably less

concern than the accuracy of the information given and
the ability of the organizations to meet or better their

agreed deadlines.

3. Biweekly Reports

The Proiect Representatives were required to submit

reports biweekly on their progress as compared to their

own flow charts. With each 2-week cycle, new comple-

tions were noted or new estimates of completion were

given on the single sheet that continually recirculated

between the Project Representatives and the staff

charged with compiling the results. To facilitate com-

pilation of a composite report and to enable the condi-

tions to be categorized by each division, subsystem,

Spacecraft System, hardware document, due date, slip

time, or test progress, a manual-sort card system was

used (Appendix G). While this work could obviously

have been performed with automatic data processing

machines, the key-sort cards could be manipulated man-

ually without the inherent delays or priority problems in-

volved with computer time availability. The delinquent

flow chart events were tabulated biweekly and reports

were submitted to project management, division manage-

ment, and Project Representatives. These lists of delays

were also worked into graphs, the curves of which were
considered more informative as trend indications than as

absolute measurements. The combination of the "overdue

bill" and trend graph enabled division management both

to sense improvement or degradation and to pinpoint the

troublesome areas. Special adjustments and additional

curves were made when especially difficult or serious

problems occurred; a total of about 1100 flow chart

events were monitored throughout the life of the project.

4. Special Reports

During various stages of the project, special working

report formats and techniques were evolved to focus

attention on existing or expected problems. Special charts
were made that showed the estimates and actual accom-

plishment of hardware delivery to SAF (Appendix G).

From these charts, test operations personnel could plan

their day-to-day activities. Essentially, each special chart

was derived from flow chart inputs. The special

charts show repetitious slips that clearly indicate the

inability to predict delivery. This SAF delivery milestone

was treated as important and inviolate as the launch date

itself. On that basis, schedule information prepared from

weekly SAF delivery certification reports was included in

a report to JPL management.

Another form for presenting this information was de-

rived from a merging of flow chart reports and QA status

logs from SAF (Appendix G). These matrixes indicate the

system-level test exposure obtained by the various sub-

systems on a given spacecraft. While these charts were

used primarily to decide the choice of equipment for

flight, they also show the extent to which subsystems

were exchanged among spacecraft during the Pasadena

and Cape Kennedy qualification testing.
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IV. LAUNCH VEHICLE SYSTEM

A. Background

The nominal minimum vis viva energy (C3) required

of the launch vehicle for the 1964 Mars launch period

was 10.2 kmZ/sec 2. To attain this energy at the point of

spacecraft separation and for a target spacecraft weight

of 570 Ib, the launch vehicle had to have a payload

capability of about 100 lb more than could be delivered

by the Atlas D/Agena B used as the Mariner H booster.

Preliminary studies showed that a modified Atlas D and

an improved Agena D could satisfy mission requirements.

The Ranger shroud, although adequate for the Mariner

Venus 1962 mission, was too small to accommodate a

spacecraft for a Mars mission. A new shroud design was

clearly required. A fiberglass shroud design concept,

originally called UNIPAC, had been generated by NASA

prior to the inception of the Mariner Mars 1964 Project.

The objective of UNIPAC was to standardize shrouds

for NASA Agena programs to the maximum feasible

degree. In the UNIPAC shroud concept, separation was

accomplished by using pyrotechnics to sever the shroud

longitudinally and internal jets to open the severed

halves at the nose. The clamshell design failed to meet

development schedules and was replaced by an over-the-

nose design. Significant features among the detailed

design requirements were total encapsulation of the

spacecraft, the incorporation of a spacecraft umbilical

connector in the side of the shroud, and a test require-

ment for matchmate tests of spacecraft and interface

hardware (both test and flight) before shipment to the
launch site.

The Mariner Mars 1964 mission imposed several new

requirements on operations at Cape Kennedy compared
to the Mariner Venus 1962 mission. For the Mariner

Venus mission, two launch vehicles were committed but

only one pad. For the Mariner Mars 1964 mission, two

launch pads and two vehicle systems were required in

order to obtain an acceptable launch probability of suc-

cess. The dual pad requirement reduced the hazards to

the mission from catastrophic damage to the pad either

by missions immediately preceding the Mariner Mars

mission or by the first spacecraft launched. Dual pad

availability was also important because the nominal

launch period was only about 28 days, compared to the

nominal length of about 50 days for the Mariner II mis-

sion. Two pads would permit the immediate shift of

launch operations to the second pad if the vehicle on the

first pad encountered problems or was launched. (In

the one-pad case, about 21 days would normally be re-

quired to refurbish the pad and erect the second launch
vehicle.)

One of the two pads (LC 12) had to be modified to

accommodate checkout of the Agena D. Both pads

(LC 12 and 13) required modifications in support of

mission-peculiar hardware and of the spacecraft. The
extreme communications distance of the Mars mission

imposed severe requirements for on-pad checkout of the

spacecraft telecommunications system both in the block-

house and in Hangar AO.

A firm requirement was established for return of

telemetry and launch vehicle tracking data from down-

range stations within a nominal time of 36 hr. The value

of the data return plan was dramatized by the failure of

the shroud on Mariner III and the rapid assessment of the

failure mode. Expedited return of the downrange data

was a large factor in gaining the time for the analyses

and the redesign and test efforts required to obtain a
satisfactory shroud for the launch of Mariner IV.

In an early definition of the Mariner Mars 1964 mis-

sion, a test flight was proposed that would have required

a third launch vehicle. This proposal was unattainable

because of resource limitations and, to compensate for

the deletion, an "early" combined systems test of a

spacecraft, a launch vehicle, and a launch complex was

established as a firm requirement to verify overall com-

patibility and protect the launch window.

The most fundamental constraint on the mission was

the launch period. The launch vehicle, the spacecraft,

and the launch complex had to be in flight-ready condi-

tion at the opening of this period, which was established,

for initial planning purposes, at a nominal 44 days.

Activities of JPL, LMSC, GD/C, and AFETR had to be

scheduled to be compatible with the ephemeris of Mars.

Significant new features were used for the Mariner

Mars 1964 mission involving the launch vehicle and its

interface with the spacecraft. These new features are

listed in Table 5 together with the extent of flightworthi-

ness proof. A summary of key project milestones is pre-
sented in Table 6.

The objective of spacecraft/launch vehicle integration

activities was to ensure that the spacecraft and the

launch vehicle were compatible with each other, and
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Table 5. New features of Mariner Mars 1964 launch vehicle and interface

Item New feature

Atlas

Agena

Interface hardware

Interface organizations

Procedures

Guidance shock mounts. _

Lubrication of oil tank temperature probe to obtain a more precise "hold" limitation, a

MA-5 engines (used on standard Atlas at higher rated thrust).

Derated vernier engines (used on standard Atlas).

Lightweight telemetry (used on Mercury, standard Atlas, Ranger, Nike-Zeus).

Titanium helium bottle (used on EGO and Centaur).

Booster steering (used on EGO and Air Force missions).

Optimized pitch program (used on EGO).

Agena D SS-01B model. Maximum of four SS-01B flights prior to Mariner Mars 1964, none requiring restart.

Dual burn and short coast with containment feature of Additional Basic Capability program. _

Propellant isolation valves added for two-burn mission with containment feature."

Positive continuous ullage system added to ensure satisfactory engine restart, a

Type XII inverter (three flights not Agena prime prior to Mariner Mars 1964).

Model 2C horizon sensor (two piggy-back flights scheduled ahead of Mariner Mars 1964).

Thermal insulation panels removed from oft equipment rack. _

Modified Type V telemetry transmitter. _

45-see restart timer interval instead of 30 sec. _

Extended Agena coast period prior to tetra-maneuver. _

First NASA mission with Agena D (any model).

Hercules rocket far Agena retro-maneuVer (removed for Mariner IV).

Fiberglass honeycomb over-the-nose shroud with close clearances (replaced with all-metal shroud for Mariner IV). "_

Spacecraft umbilical connection through shroud. '_

V-bands for shroud and spacecraft attachment and separation. :_

New lightweight adapter--diaphragm assembly."

Simultaneous backup commands for Atlas separation, shroud separation, and firing of Atlas retroo rockets. _

New launch-to-injection instrumentation on Agena and interface hardware. _

New inflight electrical disconnect, SIT, and PAS/'

Incentive contract between LeRC and LMSC based on cost incentives.

Separation of Agena D and NASA missions engineering.

New LeRC/NASA Launch Vehicle Systems Manager.

Guidance procured by LeRC instead of Air Force.

Dual pad capability.

Combined systems test at Cape Kennedy.

36-hr data return.

Cold cloud weather constraint on Agena.

_.First time for any mission
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Table5. (Cont'd)

Item New feature

Launch complexes Helium pressurization used for LOX fill on LC 13.

Increased capability for Agena D checkout on-pad, removing requirement to demate Agena after J-FACT.

Very tight ground-wind constraint (21 mph) with shroud cooling blanket on.

Calibrated S-band signal from spacecraft returned to Hangar AO.

Table 6. Summary of key project milestones for the Launch Vehicle System

Category Event

Contract

Launch Vehicle

System reviews

NASA Headquar-

ters reviews

Shroud events

Leffer contract go-ahead

Work statement approval

Definitive contract effective

Preliminary design review

Intermediate design review

Final Launch Vehicle System review

Review of Mariner and Ranger

program plans

NASA project review

36-hr data return meeting

Mariner Mars 1964 status meeting

Mariner IV launch readiness meeting

Fiberglass shroud failure mode

verified by JPL

Flight metal shroud completed and

delivered by LMSC to

Cape Kennedy

Qualification testing of the second

metal shroud completed by LMSC

All fabrication, assembly and test of

pyrotechnic shroud cancelled by

LMSC under LeRC direction, and

design, fabrication, assembly, and

tests of the over-the-nose (flight

and test) shrouds started.

Date Category

2-21-63 Validation of

launch
5-1-63

complexes

10-31-63

Booster on stand

11-7-63

3-17-64

7-9-64

Vehic/e on stand

1-23-63

11-14-63 Spacecraft on

7-23-64 stand

10-7-64

11-7-64 B-FACT on LC 12

and 13
11-11-64

11-25-64

11-8-64

11-22-64

11-26-64

12-15-64

J-FACT on LC 12

and 13

Launch dates

Event

LC 13 validated

LC 12 validated

Atlas 289D erected on LC 13

Atlas 289D re-erected on LC 13

Atlas 288D erected on LC 12

Agena 6931 on LC 13

Agena 6932 on LC 12

Mariner III on LC 13

Mariner IV on LC 12

Preliminary B-FACT on LC 13

Preliminary B-FACT on LC 12

Final B-FACT on LC 13

Final B-FACT on LC 12

Preliminary J-FACT on LC 13

Preliminary J-FACT on LC 12

Final J-FACT on LC 13

Intermediate J-FACT on LC 12

Final J-FACT on LC 12

Mariner lll launched from

Cape Kennedy

MarinerlV launched from

Cape Kennedy

Date

9-8-64

I0-8-64

8-17-64

9-14-64

9-28-64

9-15-64

10-6-64

9-18-64

10-9-64

9-24-64

10-13-64

10-26-64

10-30-64

9-25-64

10-15-64

10-29-64

11-18-64

11-23-6,4

11_-64

11-28-64

39



JPL TECHNICAL REPORT NO. 32-740

that project requirements in this interface were met.
On a functional basis, the seope included eompatibility

of design and adequaey of tests of interface hardware;

requirements for mission-peculiar pad modifications and

spacecraft OSE; requirements for prelaunch tests of

mission-peeuliar ground and flight equipment; surveil-

lance of launch vehicle performance and related launch

vehicle modifications; and scheduling of all interfaee
activities critical to mission success.

B. Development of Interface Hardware

1. The Shroud System

The spaceeraft shroud system is that portion of the
launeh vehicle forward of the Agena D forward equip-

ment raek. The shroud system consists of:

1. The spacecraft/Agena D attachment structure,

called the spaceeraft adapter, which includes the

shroud-to-Agena D attachment structure or transi-
tion section

2. The aerodynamic nose fairing or shroud that covers

and protects the spacecraft during prelau_ch cheek-

out and the ascent phase of flight

3. A diaphragm that closes the aft end of the space-

craft adapter at the Agena D forward equipment

rack interface (tile diaphragm was required to com-

plete the total encapsulation of the spacecraft by

the shroud system in order to ensure cleanliness

and controlled humidity)

4. An RF coupler and parasitic antenna that couples

the output from the spacecraft omnidirectional an-

tenna for transmission through the RF opaque
shroud

5. An electrical connector between the spacecraft and

Agena D that disconnects at spacecraft separation

6. Environmental measurement instrumentation and

spacecraft and shroud separation monitoring instru-
mentation

7. Spacecraft adapter V-band assembly for separating
the spacecraft from tile Agena

8. Shroud adapter V-hand assemhly for jettisoning the
shroud

9. Shroud ejection spring system

10. Spaeecraft/Agena D ejection spring system

The four large rectangular solar panels of the Mariner

Mars could not be canted as efficiently inboard as the

trapezoidal panels of the Mariner Venus and Ranger

spacecraft were. Also, the high-gain antenna was located

at the top of the spacecraft, thereby simplifying the

spacecraft/launch vehicle interface. For these reasons,

the nose fairing of the Mariner Venus or Ranger config-

uration could not be used, and a new shroud design was

required.

Some of the initial design approaches studied were:

(1) shroud RF opacity that, if required, eould be ob-

tained by an all-metal shroud or by lining a fiberglass

honeyeomb shell with aluminum foil; (2) provision of

RF antenna couplers for monitoring of the spacecraft

radio system on-pad and during vehicle ascent until

shroud ejection, if an RF opaque shroud were used;

(3) an electrical umbilical disconnect for direct aceess to

the spacecraft; (4) payload temperature control on-pad

and during aseent; (5) sterilization of the surfaces of the

spacecraft that would be exposed to sterilizing gases

introduced into the shroud cavity.

The shroud system designs permitted total encapsula-

tion of the spacecraft in a contamination-free environ-

ment prior to being moved to the launch complex for

mating with the launch vehicle. One of the designs was
a clamshell configuration based on the UNIPAC shroud.

The other was an over-the-nose ejection configuration

using a modified UNIPAG shroud.

The clamshell configuration was selected as the pri-

mary design, and the over-the-nose design was delegated
as the alternate. Unsuccessful explosive separation tests
of the clamshell shroud in October 1963, however, re-

sulted in the conclusion that an explosive separation

system could not be developed with confidence in the

time remaining until launch. It was suggested that fur-

ther development of the clamshell shroud be constrained
to the use of a mechanical means of inflight separation,

using a minimum of explosive devices.

In November 1963, LMSC made a recommendation

(with which LeRC concurred) to establish the over-the-
nose shroud system as the primary shroud for the

Mariner Mars 1964 mission, and to continue the clam-

shell shroud development effort as a backup for the
over-the-nose shroud.

2. Over-the-nose Shroud System Design, Development,

and Qualification

a. Design and testing. Eleven months remained before
launch and 6 months remained before all three flight
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shrouds and adapters were required at JPL for me-

chanical and electrical mating with the flight space-

craft. To meet this schedule, flight shrouds had to be

fabricated almost simultaneously with the test shrouds.

Fortunately, the over-the-nose shroud used many of

the clamshell shroud components, such as the fiberglass-

honeycomb shroud halves, the magnesium transition

section, the umbilical door, the RF coupler system, and

the nose dome. Many of the materials and qualification

tests performed on the clamshell shroud honeycomb
s_ucture were considered still valid for the over-the-nose

shroud design. Also, many of the studies and analyses

generated for the clamshell shroud were directly appli-
cable to the new configuration.

Changes were required on the spacecraft to accommo-

date the new shroud design. One significant spacecraft

change was the addition of skid rails to the solar panels

to prevent catastrophic damage to the spacecraft in the

event the shroud impacted the spacecraft during ejection.

The over-the-nose shroud was identical to the clam-

shell shroud with the following exceptions:

1. Elimination of pyrotechnic segmentation system

2. Addition of one-piece fiberglass and magnesium

section connected to the beryllium nose dome

3. Addition of spring cartridge assemblies for shroud
ejection

4. Modification of lower shroud ring for a V-band
clamp configuration

5. Modification of spacecraft adapter structure to add a

ring with a shroud mating V-band clamp configura-

tion and shroud separation spring push-off surface

6. Addition of shroud-to-adapter V-band and explo-
sive bolts and associated harnesses

7. Addition of aerodynamic fairings to the shroud body

to protect the shroud ejection-spring cartridges and
V-band clamp

The first test shroud was subjected to the following

tests at JPL in conjunction with the spacecraft:

1. Spacecraft acoustic test

2. RF calibrations and RF interference tests

3. Purging test

4. V-band pyrotechnic firing test for measuring shock

loading imparted to the spacecraft

5. High-voltage static-discharge tests

6. Static structural tests during spacecraft qualifica-

tion testing

7. Vibration testing during spacecraft development

and qualification testing

The principal shroud qualification tests performed by
LMSC were:

1. Collapse pressure

2. Static structural

3. RF leakage

4. Static-thermal

5. Acoustic

All required qualification testing was satisfactorily

completed except for shroud RF leakage and purging

gas leakage. Both RF and gas leakage requirements were

eventually relaxed when it was concluded that they

could not be reliably met in time for the launch.

b. V-band. A V-band consisting of two semicircular

halves was used to attach the shroud to the adapter

section. Each band segment was fitted with bathtub

fittings at each end and with shoes approximately 4 in.

long that were clipped to the bands, leaving an approxi-

mately la/4-in, space between shoes. The shoes con-

tained V-grooves for mating with the V-foot profile of

the shroud and adapter interface rings. Two explosive
bolts were used to tension the band around the shroud

and adapter mating ioint.

Ejection of the V-band assembly was accomplished by

firing the explosive squibs, which fractured the V-band

bolts at a prenotched diameter. The stored energy in the

V-band (tension equal to approximately 6500 lb) was

thereby released causing the bands to rapidly contract,

straighten, and move away from the shroud and adapter.

Ultimate load tests in the installed position were per-

formed by LMSC to verify the load-carrying capability

of the band, shoes, and bathtub fittings. Band tension

was established through analysis, and the Capability of

the adapter and shroud for resisting V-band loading was

established through analysis and testing. No difficulties

in the band were experienced throughout the entire

testing program. A long-term tension test was also per-

formed to qualify the V-band for up to 30 days on-pad

without retensioning.

41



JPL TECHNICAL REPORT NO. 32-740

c. Explosive bolts. The explosive bolts were threaded

right- and left-handed on opposite ends. Spherical seat

washers were used for optimum nut-bearing surface area

and torquing characteristics. Each bolt had a dual bridge

wire squib in each end. The explosive bolts had pre-

viously been qualified and flown on a satellite program.

No difficulties were experienced throughout the Mariner
Mars program.

d. Strain gauges. Separate strain gauges were used for

monitoring V-band tension during the installation and

checkout period and during flight. The installation strain
gauges were mounted at three positions on each band

segment. Strain-gauge calibration was performed on a

special jig and hydraulic loading machine. During band

tensioning, strain-gauge readings were made at approxi-
mately 500-1b increments until the launch-criteria tension
load of 6500 lb was reached.

The flight strain gauges were a semiconductor type.

One strain gauge was mounted on each band segment.

Calibration of the flight gauges was accomplished by

using the installation strain-gauge data. Flight strain-

gauge tension was telemetered from the Agena D. Flight
data were erratic and the validity of the data received

was uncertain. Readings wandered during pad opera-

tions, and in two cases dropped out during both Mariner

flights. This was unfortunate since valid failure analysis
data were hadly needed to resolve the Mariner 1II failure.

e. Electrical harness assemblies. Two electrical har-

ness assemblies were used to carry the wires from each

of the two exph)sive bolts and flight strain gauges. The
wires ran from the explosive bolt squibs and strain

ganges to pull-away connectors mounted on the adapter

below each bolt assembly. Special brackets were pro-

vided to guide the connectors for a straight pull away
from the adapter connector halves.

[. Shroud ejection system. Shroud ejection was accom-

plished by four ejection spring assemblies mounted in

the shroud lower end. Each assembly consisted of two

tension springs connected to two rods riding in linear

ball-bearing guides. The two rods were firmly attached
to each other, and ejection would occur even if one of

the two springs failed. The springs were matched for

spring rate and free length, and were assembled in pairs

for optimmn balance between assemblies. Rod alignment

and length were adjustable. The ejection springs accel-

erated the shroud to a separation velocity of approxi-
mately 92 in./sec. An extensive series of separation tests

verified the ability of the spring assemblies to eject the

shroud without collision with the spacecraft.

g. RF transmission. For monitoring the spacecraft

radio during the launch phase of flight until shroud

ejection, the shroud contained a coupler (located over

the omnidirectional antenna) _oined by a coaxial cable
to a parasitic slot antenna mounted flush with the aero-

dynamic contour of the shroud, The shroud coupler

and parasitic antenna requirements were deleted for

Mariner IV, however, to expedite the delivery of the
all-metal shroud.

For ground checkout and calibration purposes, three

spacecraft RF links were provided:

1. Low-gain antenna link: omnidirectional antenna

signals were transmitted by the shroud parasitic slot

antenna directly to Hangar AO when the service

tower was removed, and by means of a portable

external coupler bolted on the outside of the shroud

when the service tower was in place.

2. High-gain antenna link: the output of a probe on

the high-gain antenna was carried by a coaxial

cable out through the spacecraft umbilical cable.

3. Precision link: the output of a precision directional

coupler, located between the spacecraft transmitter

and omnidirectional antenna, was carried by a sec-

ond coaxial cable out through the spacecraft um-
bilical cable.

h. RF inter[ace hardware. Radio-frequency interface

hardware, snch as precision couplers, shroud slot anten-

nas, RF cables, and connectors were given comprehen-

sive acceptance tests. These tests consisted of bench

measurements of VSWR, insertion loss, and impedance.

Several RF problems were encountered late in the

program and special tests were initiated to resolve

them. Included among these special tests were: shroud

RF leakage, shroud external coupler nonrepeatability and

leakage, catenary cable pin drift, excessive VSWR
and insertion-loss variations, and contamination of the

mnbilical connector with potting resin. The shroud leak-

age problem was severe. The external coupler repeat-

ability problem was found by tests to be a mechanical

installation problem that was solved by the use of

guide-pins. Coupler leakage was eliminated by stiffening

the flange and increasing the number of attachment

screws. Testing of the catenary cable with its RF con-

nectors indicated the need for refabricating the connector

to provide satisfactory VSWR and insertion loss. The
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umbilical connector mechanism was made inoperative by

the intrusion of potting resin. The connectors were sal-

vaged successfully by contracting for the delicate rework

of the several contaminated ground-half connectors.

i. Shroud system cleaning. Metallic, silastic, and mis-

cellaneous dirt particles were observed on the adapter

during matchmate, and were subsequently removed with

a vacuum cleaner. Upon removal of the shroud after

completion of the matchmate tests, additional contam-

ination was seen on the spacecraft and adapter. Evi-

dently the particles had been dislodged from crevices in

the shroud during handling. As a result, LMSC devel-

oped a more comprehensive cleaning procedure for the

shroud system that included acoustic cleaning in a

chamber using an air horn as the noise source.

During the spacecraft adapter mating operations at

Cape Kennedy, additional silastic (used for corrosion pro-

tection of the V-band) and dirt particles and a chalky

residue were noticed on the adapter. As a consequence,

LMSC removed the silastic, rubbed the chalky areas with

alcohol, and revacuumed the adapter. Normal clean

room attire (including gloves) was worn by all personnel

in the Explosive Safe Facility. By adhering to spacecraft

cleanliness techniques, confidence was established that

the shroud, adapter, and spacecraft were as clean as

possible at the time encapsulation was accomplished.

i. Sealing and purging. A dry-nitrogen purging system

was used to maintain a positive shroud-cavity pressure

to preclude moisture and dirt from entering crevices

during launch complex operations. Purge fittings were

located near the nose of the shroud and at the adapter

for connection of the purge system. It was necessary to

remove the purge system when the service tower was re-

moved at about L -- 130 min. Consequently, there was

at least a 3-hr period prior to launch when no purging

was provided. Tests during J-FACT and simulated

launch had shown a negligible increase in humidity

during comparable periods of suspended purging.

The shroud was sealed with vinyl tape at the areas

found to leak after encapsulation. The umbilical con-
nector had a soft collar that sealed the shroud umbilical

opening when the cable was installed. The final accep-

tance criteria specified that, at 60 standard ft3/min of

nitrogen flow, the shroud-cavity pressure should be at

least 2 in. H oO. All shroud systems were adequately

sealed prior to final transfer from the ESF clean room
area.

k. Venting. A shroud-cavity pressure relief and vent

valve was provided in the diaphragm. It was an accelera-

tion- and pressure-sensitive check valve that was inop-

erative until after liftoff. This allowed one-way venting

of the shroud cavity. No difficulties with the valve were

encountered during any adapter or shroud system quali-

fication testing.

I. Adapter. The basic adapter structure was comprised

of two semimonocoque 0.060-in. magnesium conical sec-

tions. One conical section converged from the common

base ring to the mounting plane of the spacecraft. The

other conical section diverged from the common base

ring to the shroud mounting ring. The diameter at the

common base was 60.0 in., the same as the Agena D for-

ward equipment rack.

The program redirection to use the over-the-nose

shroud required no drastic changes in the adapter de-

sign; however, it did require an extension of the diver-

gent adapter conical section to mate with the shroud at

a station farther forward and with a mounting ring of

greater diameter.

A diaphragm of thin magnesium sheet was attached
circumferentially to the adapter base ring for sealing the

lower end of the adapter. A spherical depression was

formed in the center portion of the diaphragm to allow

clearance for the spacecraft science package. The center

portion of the diaphragm was riveted to the outer annu-

lar flat section at a ring that was also secured to the

Agena forward equipment rack by means of supporting

posts and clamps. This means of support prevented

"drum-head" effects. Electrical connectors were pro-

vided through the diaphragm to carry the spacecraft

composite telemetry modulation, adapter instrumenta-

tion, and pyrotechnic circuits to the Agena D.

The adapter base ring was a solid, precision machined

ring to which were riveted the conical sections that sup-

ported the spacecraft and shroud. The diaphragm was

also riveted to this base ring. The adapter was attached

to the Agena D forward equipment rack by means of

48 bolts through the base ring. The lower surface of the

base ring was scraped for a minimum of 80_ contact

with the Agena D mating surface, a maximum gap

width of 0.006 in., and a maximum gap length of 4.00 in.

Peel-type shims were also placed between the adapter

lower ring and the Agena D mating ring at a step-

machined surface to ensure uniform clamping and to

achieve spacecraft/Agena D longitudinal axis parallel-

ism. Four indexing pins were located around the inner
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circumferential diameter for proper spacecraft/launch
vehicle orientation.

The over-the-nose shroud configuration adapter was

subjected to the following tests at JPL:

1. Spacecraft modal survey

2. Spacecraft low-frequency, high-frequency, and tor-
sional vibration

3. Spacecraft acoustical

4. Spacecraft EMI

5. Purging

6. High-voltage discharge

7. Spacecraft RF and antenna-pattern

8. V-band release effects on spacecraft

9. Flight-type matchmate

10. Spacecraft flight-acceptance vibration

Except for equipment mounted on the adapter, no prob-
lems or difficulties were encountered with the basic

adapter structures.

The only reported developmental difficulties encoun-

tered during the adapter development program were:

1. Dimensional control of the shroud, spacecraft, and

Agena D attachment surfaces. Application of spe-

cial techniques, tooling, and procedures during

fabrication, handling, installation, and shipment
corrected the deficiencies.

2. Contamination resulting from fabrication, handling,

protection, and storage. Special acoustical cleaning,

handling, shipping and pre-spacecraft-mating clean-

ing procedures reduced contamination to accept-
able limits.

m. Spacecraft attachment and V-band. The spacecraft/

adapter interface consisted of eight mounting pads

attached to the inner adapter conical section. Eight

mating pads on the spacecraft (with shear lips projecting

below the separation plane at the inner diameter) in-
dexed the spacecraft with the adapter and carried the

transverse shear loads during launch. The mounting pads
of both the spacecraft and adapter were profiled on the

outer diameter surfaces to accommodate a V-band. Ex-

tensions to the adapter mounting pads were provided

at either side of the spacecraft pads to permit mounting
of an eccentrically drilled, five-sided washer that was

used to carry torsional and transverse shear loads. The

shear washers were set for a 0.002- to 0.008-in. gap with

the spacecraft foot. Screws clamped the washers to the

pad extensions.

The V-band retention system consisted of several

nylon lanyard and spring sections attached between clips

on the adapter and corresponding clips on the V-band

shoes and explosive-bolt assemblies. During early separa-

tion development testing, the lanyards failed because of

the V-band retraction impulse. Grommets were added

to the clips and the size of the lanyards was changed to

eliminate this problem.

The retract springs were redesigned after it was dis-

covered (from slow motion films of the band during

separation) that the band was hitting the spacecraft.
With the addition of retract springs and lanyards to the

explosive-bolt assemblies, it was demonstrated after

some 35 spacecraft separation tests that the V-band

when released would consistently retract into the area

between the shroud and the spacecraft adapter sections

without impacting the spacecraft.

The V-band was subjected to a series of separate

development tests, including long-term fatigue tests. The

tension load for flight was ultimately established at

2500 ± 50 lb. Other tests performed on the V-band were

static tests, V-band firing tests, and V-band post-release

trajectory evaluations.

n. V-band separation. Two squibs were located in each

bolt assembly, and two bridgewires were used in

each bolt. One squib could release a bolt as well as

detonate the other squib in the assembly. In addition,

either of the two explosive-bolt release assemblies would

reliably release the band as demonstrated during quali-

fication testing. Therefore, the pyrotechnic system was

considered highly redundant and reliable.

o. Spacecraft separation system. The spacecraft sepa-

ration system consisted of four equally spaced spring

mechanisms mounted on the adapter that acted against

four mating pads on the spacecraft through hemispheri-

cal bearing plates. Each spring mechanism could be

separately aligned, adjusted for preload, and adjusted

for stroke. Springs with uniform precision length were

selectively chosen to ensure that all springs would have

uniform spring-rate characteristics. Linear ball-bearing

bushings were used to provide uniform low-friction

spring guidance during the separation stroke. The end

of the guide bearing on the spacecraft was spherical to
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pro_4de point contact and precision force transfer loca-

tions for minimizing tip-off at, and for optimum control

of, spacecraft separation.

The spacecraft separation-initiated timer required an

adjustable pad on the adapter to bear against until sepa-

ration occurred. The SIT pad was a horizontal screw

with a large head ground for the SIT plunger bearing
surface. The screw was mounted in a fixed bracket

bolted to the transition section.

The spacecraft pyrotechnic arming switch, activated at

spacecraft separation, rested against a flat horizontal pad

on the adapter. The pad had only a vertical adjustment.

The separation spring assemblies were qualified as

part of the adapter assembly. A long series of spacecraft

separation tests was required to complete the qualifica-

tion of the system. In the flight of Mariner IV, the sepa-

ration spring assemblies separated the spacecraft as

designed. Tip-off rates were well below 1 deg/sec, and

the separation velocity was approximately 2 ft/sec.

p. Inflight electrical disconnect. The inflight electrical

disconnect design provided for internal springs, which

were used to counterbalance pin drag forces at separa-

tion; consequently, spacecraft separation perturbations

from the inflight disconnect were very small. The male

half, mounted on the adapter, included a phenolic plate

used as the spring pushoff force transfer surface, and

also provided a high dielectric surface after separation

that maintained proper pin spacing at all times.

q. Combined vibration test. The spacecraft/shroud/

adapter combined vibration test dynamically qualified the

shroud and adapter. A test spacecraft, dynamically similar

to flight spacecraft, was used to confirm the following:

structural integrity of the adapter and shroud, dynamic

clearance envelope with the spacecraft, shroud and space-

craft V-band dynamic structural capability, and continu-

ity and low noise of the inflight disconnect fitting during

vibration. Upon completion of the vibration testing, the

V-bands were released to verify their integrity. The sys-

tem performed as designed.

r. Static discharge tests. As a result of Ranger flight

anomalies and observations of films of the Ranger

launches, static discharge tests were performed on the

Mariner spacecraft to evaluate spacecraft vulnerability.
A Van de Graft generator was used to build up an elec-

trical charge on the shroud system encapsulating the

PTM spacecraft. The entire assembly was mounted on

an Agena forward equipment rack. The test was con-
sidered inconclusive for Mariner; no effect on the

spacecraft was observed. The electrostatic charging phe-

nomenon and its effect on spacecraft is not completely

understood, and it is recommended that follow-on pro-

grams pursue additional testing and analysis. It has been

requested of NASA Headquarters that tests and inflight

measurements be made by the launch vehicle centers.

s. Preliminary matchmate test. The PTM spacecraft,

identical in all respects to the flight spacecraft, was used

to perform a preliminary but formal matchmate with the
test shroud that was supposed to represent the flight

shrouds in all respects. The primary intentions were to:

(1) mate the spacecraft using preliminary flight mating

procedures, (2) provide flight operations personnel with

experience in mating the hardware, (3) evaluate aero-

space ground equipment tools and handling equipment,

and (4) establish any deficiencies or design changes that

might be required to ensure flight-hardware compati-

bility. The test proved to be very valuable, particularly

to the personnel responsible for Cape Kennedy opera-
tions. It is believed that the cost was inconsequential

compared to the training gained by all personnel.

t. Flight matchmate test. Approximately 1 month after

the preliminary matchmate test, LMSC shipped the par-

tially completed flight shroud systems to JPL for match-

mate tests with the MC-2 and MC-3 flight spacecraft.

The following matchmates were accomplished:

1. MC-2 spacecraft to 6931 shroud system

2. MC-3 spacecraft to 6932 shroud system

3. MC-2 spacecraft to 6931A shroud system

4. MC-3 spacecraft to 6931A shroud system

One of the purposes of the matchmating activity,

besides verification of flight hardware and aerospace

ground equipment compatibility was the demonstration

that flight hardware and aerospace ground equipment

were in a flight-ready status.

3. Over-the-nose Fiberglass Shroud System Failure

Investigation

The failure of Mariner III on November 5, 1964, was

immediately investigated. Telemetry data indicated that

the spacecraft solar panels failed to deploy and that the

spacecraft failed to acquire the Sun. Launch vehicle data
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indicated Agena D fuel depletion shutdown, and track-

ing data indicated insufficient injection velocity. Addi-

tional analysis of the data revealed that the shroud failed

to be ejected clear of the spacecraft.

a. JPL investigation activity. The day after the

Mariner III launch, the possibility was suggested of a

shroud structural failure due to skin separation from the

fiberglass honeycomb core. Immediate action was taken

to subject a test shroud to a combined thermal-vacuum

test. The launch-profile pressure decay was simulated;

however, due to limited availability of heating lamps, the

shroud skin temperature could not be brought near

the expected flight levels. Nevertheless, the shroud skin
delaminated and further evaluation indicated that the

flight failure mode probably was similar. An extensive

series of materials tests was performed on undamaged

portions of the test shroud and on new samples provided

by the vendor.

b. LeRC/LMSC investigation activity. As soon as

tests of the shroud established the Mariner III probable

failure mode, LMSC removed flight-quality fiberglass
honeycomb pyrotechnically separated shroud halves from

storage for use in further evaluation tests. Since JPL had

the only readily available vacuum chamber with flight-

profile vacuum and temperature-simulation capability,

LMSC forwarded several shroud halves to JPL for test-
ing under LMSC direction.

The chamber was modified by JPL to provide im-

proved launch-profile heating capability. An extensive

24-hr/day test program was implemented. One of the

shroud halves was perforated to vent the honeycomb

structure and was subjected to an acoustic noise test

in addition to the simulated launch-profile pressure-
temperature tests.

4. All-metal Shroud Fabrication and Qualification

a. LMSC all-metal shroud. Efforts were directed

toward the development of an all-metal shroud when

postflight investigation revealed the Mariner III prob-

able failure mode to be fiberglass skin separation. An

LeRC/LMSC/JPL task team was formed to design and
qualify an all-metal shroud. The fiberglass structure was

replaced by a magnesiun_ section with an inner thermal

liner. The first replacement shroud was completed and

delivered to Cape Kennedy within 17 days of the original
failure.

A second all-metal shroud was built by LMSC and

subiected to static structural tests and separation tests

under thermal loading to qualify the design for flight.

The final test was satisfactorily completed November 26.

Upon notification of satisfactory completion of the static

structural test, November 27 was established as the first

launch attempt for Mariner IV.

b. JPL all-metal shroud. As a "last-ditch" backup, an

analytical study and design effort for an all-metal shroud

for the Mariner IV launch was also undertaken by JPL.

The beryllium nose dome, ogive section, ejection spring

assemblies, thermal liner, and lower shroud ring from

the previously damaged test shroud were used. An alumi-
num body and internal thermal liner were fabricated,

and the assembly was completed by November 25, some

20 days after the first launch. Qualification testing, includ-

ing shroud separation tests using a specially-constructed

test fixture, was also conducted during that period to en-

sure that the shroud would be flightworthy.

5. Shroud System Performance

The flight performance of the fiberglass shroud was

unsatisfactory as developed for the Mariner III mission.

The metal shroud produced under forced draft condi-

tions for Mariner IV, however, was successful in meeting

primary mission requirements. The metal shroud did not

contain an RF coupler, and thus fell short of meeting

requirements for checkout and monitoring of the space-

craft RF system (through the omnidirectional antenna,

over an air link, both on-pad and in flight).

The flight performance of Mariner IV demonstrated
that the shroud and adapter system was mechanically

and electrically compatible with the spacecraft and the
launch vehicle. The metal shroud successfully ejected

over the spacecraft without striking it, and did not sub-

sequently collide with the spacecraft/Agena comhina-

tion. Shroud and spacecraft V-bands separated properly

without impacting the flight vehicle. At spacecraft

separation, the electrical disconnect fitting functioned

properly, as did the separation initiated timer and pyro-

technic arming switch. The separation springs ejected

the spacecraft without excessive tumbling motion.

The Mariner Ill launch brought to light a structural

weakness in the shroud, which the interface hardware

qualification and acceptance test program or quality

assurance techniques were not capable of uncovering.

The weakness (skin separation from the core) was of

such a nature that it could have been detected only by

tests under combined environments (temperature, vacu-

um, and time). Such tests were not performed on the

shroud system until after the failure of the Mariner Ill
shroud.
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The weakness of the shroud was also related to shroud

quality control, in that skin separation was most readily

induced at points of local bonding defects. Local defects

could easily be inflicted inadvertently on the shroud dur-

ing handling, test, and checkout operations. No ade-

quately reliable method was available for inspecting the

fiberglass sandwich. Even the crude coin-tapping inspec-

tion method was not used for inspection of the flight

shrouds after assembly of the shroud halves into a single

structure. Sensitivity to combined environmental condi-

tions and to the fabrication process was later found to

be characteristic of fiberglass sandwich structures. The

two principal advantages that were put forth in favor of

the fiberglass UNIPAC shroud when the initial choice

was made were never to be realized on the Mariner

program. These advantages were:

1. Weight savings

2. Universal shroud system

At the conclusion of the Mariner IV metal shroud

effort, it was estimated that an all-metal shroud could

have been built that would have been no heavier than

the over-the-nose fiberglass shroud. Fiberglass weight

increases were necessary because of such phenomena as
resin weight increase and core thickness increase. The

effect of shroud weight difference on payload is only

about 10_ of the actual weight because it is jettisoned

during ascent. Therefore, even the original estimated

advantage of using fiberglass would have been relatively
small.

Difficulties in maintaining development schedules for
Mariner over-the-nose shroud and interface hardware

prevented the continued development of the UNIPAC

design; serious difficulty had been encountered with the

flexible linear-shaped-charge separation joint. It was nec-
essary to redirect the effort toward an over-the-nose me-

chanical separation system, which had the greatest chance

of successful qualification and delivery within the rigid

Mariner schedule. Following the launch of Mariner IH,

it was necessary to further redirect the program to an
all-metal shroud. Thus, a universal shroud was never
achieved.

The universality of the UNIPAC concept and the

apparent weight efficiency of fiberglass construction

were understandably appealing in the early phases of the

program. However, in retrospect, it is clear that metal
should have been selected because it would have been

more compatible with the limitations of the Mariner

development and test schedule as well as with available

inspection techniques and quality control capability.

6. Interface Instrumentation and Agena Telemetry

a. Instrumentation. The instrumentation requirements

for spacecraft environmental measurements were:

1. Three low-frequency accelerometers and two high-

frequency accelerometers. One high-frequency
accelerometer was for axial vibration measurement

on the spacecraft, and the others, mounted close to

the spacecraft mating surface on the adapter, were

for measuring tangential, axial, and radial vibration.

2. A microphone mounted on the adapter for recording

the acoustical environment in the shroud cavity. The

shroud microphone was subsequently deleted in
favor of a vibrometer because tests revealed that

the low-frequency response of the microphone and

its amplifier extended below 1 cps, causing the

microphone to respond to changes in the static pres-

sure inside the shroud cavity.

3. Three spacecraft separation monitoring potentiome-

ters for linear and tip-off rate measurement.

4. Spacecraft V-band tension monitoring flight gauges.

These gauges were the semiconductor type bonded

to two of the six turnbuckles. The change to a semi-

conductor strain gauge occurred late in the program

and it was not fully qualified for flight. The gauges

used to monitor V-band tension during installation

were the conventional strain-gauge type. Calibra-

tion problems with the semiconductor gauges left

doubts as to the ability to verify band tension in

flight.

5. Shroud V-band tension monitoring flight strain

gauges. These gauges were similar to the ones
mounted on the spacecraft V-band.

6. A pressure transducer mounted on the adapter to

provide shroud cavity pressure data.

7. Two shroud separation monitoring microswitches

mounted on the adapter. No problems were experi-
enced with these devices.

8. A thermistor located at the adapter diaphragm.

9. A thermistor attached to the spacecraft umbilical to

monitor shroud-cavity temperature until liftoff and

umbilical release. Special on-pad cooling tests were

used to correlate critical spacecraft component tem-

peratures with shroud-cavity temperature as mea-

sured by the umbilical thermistor.
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All of the interface instrumentation, except the

spacecraft high-frequency vibrometer and the umbili-

cal thermistor for measuring shroud-cavity temperature,

was mounted on the adapter. An electrical harness was

mounted in the adapter with cable clips to carry the

instrumentation and V-band explosive-bolt squib cables.

The harness was wrapped with aluminum foil and

rewrapped with glass tape for thermal control and pre-

vention of contamination. Terminal boards for connec-

tions to the V-band strain gauges and for the mounting

of balancing resistors were also located in the adapter.

The terminal boards were not protected from short

circuiting that might have occurred at the time the

Mariner III shroud failed.

b. Agena telemetry. The Agena telemetry subsystem

continuously transmitted, at a subcarrier center fre-

quency of 98 kc, the spacecraft composite modulation

from launch to spacecraft separation. The spacecraft

telemetry signals comprised the audio spectrum between

20 cps and 2.4 kc. The data encoder/Agena telemetry

interface was a two-wire interface, one wire of which was

Agena telemetry ground. The data encoder output

was transformer-isolated and varied 5 v peak-to-peak.

The measurements of interest to the spacecraft environ-

ment are given in Table 7.

Table 7. Agena telemetric measurements of

the spacecraft environment

Agena channel No. Function

3

4

5

6

8

9

11

10

12

13

17

18

F

15-33

1.5-38

16--18

Shroud V-band tension

Shroud V-hand tension

Spacecraft V-band tension

Spacecraft V-band tension

Spacecraft separation potentiometer

Spacecraft separation potentiometer

Spacecraft separation potentiometer

Adapter accelerometer (radial)

Adapter accelerometer (tangential)

Adapter accelerometer (tangential)

Spacecraft vibrometer (axial)

Adapter vibrometer

Spacecraft telemetry (composite)

Shroud cavity pressure

Shroud separation microswitches

Adapter diaphragm temperature

Telemetry channels 8, 9, and 11 were time-shared.

From launch until just prior to shroud separation, these

channels were used to monitor the accelerations, in

orthogonal axes, of the Agena inertial guidance package.

When switched, they measured the analog output of the

three spacecraft separation potentiometers.

Channel 15 was a commutated telemetry channel

that sampled 60 Agena functions. Two of the 60 func-

tions (numbers 33 and 38) were of concern to the per-

formance of the shroud system. Measurement 15-33 was

the shroud-cavity pressure. This transducer was a twisted

tube connected to a variable reluctance pickup. Mea-

surement 15-38 recorded the discrete event of shroud

separation from the adapter.

C. Conversion and Activation of Launch

Complexes

1. Launch Complex Conversion

Mission planning called for two launches during the

1964 Mars opportunity. Due to the short launch period

compared to the turnaround time for one pad, two

launch complexes, LC 12 and LC 13, were assigned to

support the mission. Launch complex 12 is a NASA pad

and LC 13 is an Air Force pad.

A conversion plan was defined and implemented to

enable conversion of the two complexes to the config-

uration required for Mariner. This plan included the

modification of LC 12 from the Agena B configuration

to A{3ena D and subsequently back to Agena B.

The schedule for conversion of LC 13 had to be

coordinated with the Air Force so that modifications to

the complex could be made when there was no Air Force

vehicle on the stand. However, some installation activity

was permitted on a noninterference basis.

Modifications and additions to the blockhouse, the

service tower, and the umbilical tower were required.

Pad conversion schedules, activation manuals, and conver-

sion plans were coordinated between all the participating

agencies (LMSC, GD/C, JPL, AFSC/SSD, LeRC). The

conversion plan provided a description of the e(tuipment

and tasks required for conversion of AFETR Launch

Complexes 12 and 13 to the Mariner Mars 1964 config-

uration. A list of the mission-peculiar equipment is pre-

sented in Table 8.
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Table 8. Launch complex conversion equipment provided by JPL

Area Location Equipment

Launch stand Launch pad building

Service tower (gantry)

Umbilical tower

Launch operations

building

_r

Service tower

Service tower

Umbilical tower

Umbilical tower

Launch operations

building

!
I
!

_P

400-cps generators

400-cps remote contro

panel

60-cps remote control

panel

Spacecraft power con-

trol console (J-box

and line amplifiers)

6-ft S-band antenna

JPL portable gaseous

N= control unit

lO-ft antenna, S-band

filter regulator, 60-

cps power

J-box

Monitor and control

console (includes

J-box and circuit

breakers)

Final-stage vehicle

(spacecraft) ready

signal switch

Test coordinator's

console

Area Location Equipment

Video pairsLaunch complex

cabling

From pot head in trans-

fer room to JPL J-box

on umbilical tower

From long-line cables

to J-box in launch

pad building (LC 13

only)

From long-line cables

to J-box in launch

operations building

JPL test coordinator's

console to GD/C

terminal board

From filter/regulator

to receptacle on um-

bilical tower (LC 13

only)

From receptacle to um-

bilical tower J-box

(LC 13 only)

From receptacle to JPL

launch pad console

(LC 13 only)

Terminal adapter

cables

Terminal adapter

cables

Final-stage vehicle

(spacecraft) ready

signal switch cable

60-cps cable

400-cps cable

400-cps cable

2. RF Links

Two-way S-band transmission was required, while

on-pad, between the JPL launch checkout station

(Hangar AO) and each of three points within the space-

craft: the low-gain antenna, the high-gain antenna, and

the precision calibrated coupler. For this purpose, an
antenna was mounted on the service tower and another

on the umbilical tower. Both antennas pointed toward an

antenna on Hangar AO, which contained the spacecraft

systems test complex.

Prelaunch checkout equipment was designed to enable

RF system checkout and precise calibration in the pres-

ence of an RF opaque spacecraft shroud (leakage down

40 db). Late in the shroud development program, RF

testing disclosed that the shroud provided only about

12 db of RF isolation. This high leakage level would
have prevented reliable checkout and precise calibration

of the RF links unless compensating changes were made

to the RF monitoring system on-pad. Several unsuccess-

ful attempts were made to reduce shroud leakage to a

tolerable level by applying silver paint to the inner sur-

face of the shroud and RF mesh gasketing and aluminum

foil to suspected leaky joints and interfaces. It was found

that a major redesign of the shroud would be required to

improve its RF leakage characteristic to a tolerable level.

Because no time remained for such redesigning, the

decision was made to change the ground checkout links

to provide low-loss, hard-line cables from the space-

craft to the monitoring racks in the blockhouse. This

provided a method for calibration, monitoring, and

checkout that was independent of shroud leakage, but

only with respect to high gain and precision links; no

hard-line connection to the low-gain antenna was fea-
sible once the service tower was rolled back.

The major redesign activity required to accommodate

the hard line consisted of: (1) low-loss cable procure-

ment; (2) design of cable troughs and trays from the base

49



JPL TECHNICAL REPORT NO. 32-740

of the umbilical tower to the blockhouse; (3) redesign of

the installation and logic of the directional couplers and

RF switches on the umbilical tower; (4) selection, instal-

lation, and test of a 10-ft parabolic antenna to replace

the 6-ft parabolic antenna originally installed near the

top of the umbilical tower; (5) installation of a standard

rack in the blockhouse at the JPL console location to

house the RF monitoring and calibration equipment;

and (6) preparation of a procedure for checkout and

acceptance testing of the RF system at the completion of
the installation.

3. Launch Complex Validations

The validation of the launch complexes included veri-

fication that the installed equipment as specified for

Mariner was in accordance with approved drawings

and/or specifications. The purpose of facility validation

was to verify compatibility between mission-peculiar

launch control or launch support subsystems located in

the blockhouse, the service tower, the umbilical tower,

and equipment in locations remote from the launch pad.

Among the remote sites affected were Hangars AO

and AE. The mission operations center and spacecraft

system test complex were in Hangar AO. The launch

vehicle control center was in Hangar AE. Agena teleme-

try for Mariner IV was patched into Hangar AO from

Hangar AE.

Validation of the facility included the following checks
on LC 12 and LC 13:

1. Launcher functional and restrictive procedure
checks

2. Launch alignment checks

3. Launcher rotation

4. Launcher rise off switch adjustment

5. Booster on-stand capability

6. Facility checkout vehicle fit checks (includes space-

craft shroud with flight half umbilical disconnect)

7. Umbilical release checks, including Agena D flight
checkout vehicle

8. Blanket retract test (facility checkout vehicle)

9. Vehicle function generator electrical checks

10. Vehicle on-stand capability checks

11. Spacecraft simulator checks

12. Spacecraft mechanical checks and gaseous nitrogen

purge

13. Spacecraft on-stand capability checks

D. Launch Vehicle

The Mariner Mars launch vehicles consisted of two

stages: the first stage was a mission-oriented improved

Atlas D, and the second stage was an improved Agena D

modified to meet the requirements of the mission. The

shroud and adapter structure protected the spacecraft

from the external environment during the portion of the

ascent trajectory within Earth's sensible atmosphere.

The Agena D launch vehicle is shown in the launch con-

figuration in Fig. 22, and an exploded view is shown

in Fig. 23.

The serial numbers of the vehicles launched are:

Spacecraft Atlas Agena D Launch
serial No. booster complex

Mariner III MC-2 289D 6931 13

Mariner IV MC-3 288D 6932 12

-Y : 270 deg

ZQ-Z

Y =90 deg

VIEW A-A

180-deg DOWNRANGE

104,02 ft

-X

-Y@Y

X

VIEW B-B

DOWNRANGE

PAYLOAD
SECTION

AGENA D

A

ADAPTER

ATLAS

8

b

Z

--F STATION 85,78

13,43 fl

;TATION 247.OO

11.53 ft

STATION 385.40

il,72 fl

STATION 526,00 AGENA D

-STATION 502,00 ATLAS D

STATION 1310,0

67.35 fl

Fig. 22. Mariner Mars 1964 launch vehicle configuration
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ATLAS-AGENA

BOOSTER SUSTAINER ADAPTER7 SHROUD \

AGENA O __1 Z___SPACECRAFT
ADAPTER RING

Fig. 23. Exploded view of Mariner Mars 1964 launch vehicle

1. Atlas Vehicle

The one-and-a-half-stage Atlas provided the required

thrust to place the Agena/spacecraft combination on the

required ascent trajectory.

a. Airframe. The Atlas airframe consisted of a cylin-
drical stainless-steel structure into which all other

subsystems were integrated. The airframe consisted

of: (1) the main propellant tank section; (2) the aft

booster section; and (3) the forward interstage adapter

section. When assembled, the Atlas airframe was approx-

imately 67 ft in length and 10 ft in diameter.

b. Propulsion. The Atlas propulsion system used for

the mission was the MA-5 liquid-propellant rocket engine

system, with RP-1 and liquid oxygen as propellants. This

engine system was developed for the Atlas standard

Launch Vehicle System (SLV-3); however, the engine

system thrust was derated from the standard Atlas value

to the nominal Atlas D value for the Mars spacecraft.

The overall nominal thrust rating of the Mariner MA-5
engine system at liftoff was 367,340 lb. The MA-5 clus-

ter rocket engine consisted of three subassemblies: one

booster engine system (two thrust chambers, optimized

for low-altitude performance), one sustainer engine (one

thrust chamber optimized for high-altitude perfor-

mance), and two vernier engines (one thrust chamber

each for attitude control and velocity trim). The vernier
engines were derated from a thrust of 1000 to 670 ]b in

order to increase the payload capability. Other improve-

ments in the Mariner Mars Atlas propulsion system over

the Mariner II Atlas propulsion system were a rede-

signed boost turbopump gear case, a redesigned sus-

tainer engine lubrication oil system, hypergolic starting

on all engines, and many more minor improvements.

c. Electrical system. Primary power for the Atlas sub-

systems was supplied by a remotely activated 28-v silver-

zinc battery. The battery package was to be a newly

developed, individual, manually activated, 28-v battery

used to supply power to the Atlas telemetry system.

However, the new battery failed to pass the qualification

tests so the previously used, remotely activated battery

was reused. Secondary power was supplied by a 400-cps,

three-phase inverter. The 28-vdc power was converted

to 115/125 vac as required for the flight-control system

and the guidance system. A magnetic amplifier regulator

controlled the voltage and frequency to within a range

of + 1.5_,. A changeover switch was provided for switch-
ing both ac and dc power from external to internal

power through related power-distribution cables and

harnesses to the appropriate guidance and autopilot
canisters.

d. Hydraulic system. The Atlas launch vehicle con-

tained two independent hydraulic systems that supplied

the operating pressure required to position the engine
thrust chambers for directional and roll control of the

vehicle. The booster hydraulic system furnished hydrau-

lic pressure for booster engine gimbaling prior to staging.

It consisted of a variable displacement pump, a reservoir,

two accumulators, four booster-engine actuators and

associated valves and plumbing.

The sustainer vernier system provided hydraulic pres-

sure for sustainer and vernier engine gimbaling and for

operating propellant utilization valves and gas generator

valves. This system was comprised of a variable displace-

ment pump, a reservoir, an accumulator, two sustainer-

engine actuators, four vernier-engine actuators, a pressure

manifold, a return manifold, a head suppression valve, a
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propellant utilization valve, a gas generator blade valve,

and associated valves and plumbing.

e. Pneumatic system. The standard type pneumatic

system-consisting of helium storage bottles, pressure

regulators, and LOX boiloff valve-had the following

primary functions: (1) maintaining adequate pressuriza-

tion of the main propellant tanks, hydraulic reservoirs,
and engine lubrication oil tanks; (2) providing pressure

for various engine control functions; (3) providing in-

flight repressurization of various propellant tanks; and

(4) providing activation pressure for booster separation

systems.

f. Guidance system. The Mod III G missile-borne

guidance set consisted of a rate beacon, a pulse beacon,

a decoder, antennas, and associated equipment. The rate

beacon received CW signals from the ground-rate mea-

suring equipment and transmitted a return signal for

extracting range-rate and lateral-rate information. The

pulse beacon received signals from the X-band position

tracking radar and generated a beacon return pulse that

was transmitted to the tracking radar for range, azimuth,
and elevation tracking. The decoder received command

messages from the ground system through the pulse

beacon; these messages were subsequently decoded and

discrete commands or guidance steering corrections re-

layed to the flight control system. The Atlas boosters

used newly designed vibration-isolation mounts for the

guidance canisters to reduce their vibration environment.

This mounting system required flexible wave guides to

carry the RF signals between the canisters and the rigid

pod-mounted antennas.

g. Flight control system. This system consisted of a

flight programmer, an autopilot, and ten gimbaled

thrust-chamber actuator assemblies. The system stabi-

lized and steered the vehicle along the desired trajectory

by controlling the orientation of the engine thrust vec-

tors. Pitch steering commands are normally generated by

the flight programmer from launch until booster staging,

and by a combination of the flight programmer and

guidance system from staging until the end of Atlas

sustainer-powered flight. However, in order to permit

early correction of booster dispersions from the nominal

ascent trajectory, the capability to steer the vehicle by

use of the guidance system prior to booster staging was
implemented. Booster steering was enabled from 100 to

110 sec after liftoff with a --+1.5 _r deadband about the

nominal trajectory and a steering rate of 0.28 deg/sec.

Booster steering occurred on the Mariner III ascent, but

the small trajectory dispersion did not require it dur-
ing the Mariner IV flight.

h. Propellant utilization system. The propellant utili-

zation system was comprised of two modified mercury
manometer assemblies that sensed the fuel-tank and

oxidizer-tank head pressures, an electronic computer

comparator, a hydraulically actuated sustainer engine

fuel-control valve, manometer sensing lines, and an

electrical harness. The propellant utilization system

maintained a desired balance in the propellant mass

remaining in each tank as it was expended. Thus, the

proper mixture ratio was maintained by minimizing

the imbalance of residual propellants at sustainer engine
cutoff.

i. Range safety command system. The airborne Range

safety command subsystem was a modified Mark II,

consisting of a destructor and a destructor control unit.
The destructor control unit consisted of two antenna

pairs, an antenna ring coupler, two receiver-decoder

units, an arming device, a power and signal control unit,

a battery pack, and a single destructor unit. Commands

were transmitted by coded tone modulation of a

carrier wave. These coded signals were decoded and

used to energize relays and supply 28 v to the destruct

and/or engine-cutoff control circuits. Redundancy was

provided by the two antenna pairs and the two receiver-
decoder units.

i. Telemetry system. The telemetry system monitored

and telemetered Atlas functional conditions prior to

launch through Atlas/Agena separation. The system con-

sisted of a lightweight telemetry package, a battery

package, an antenna system, transducers, and associated

wiring.

The telemetry package was a 17 channel system con-

sisting of 12 subcarrier channels and five noncommutated

channels, transmitted on a carrier frequency of 229.9 Mc

at a power level of 7 to 11 w. The package contained an

RF transmitter, a frequency-multiplexing network, sub-

carrier oscillators, commutators, and an inflight calibra-
tion unit.

The antenna system was composed of two matched-
slot radiator antennas mounted on the forward ends of

the two Atlas equipment pods. Power to each of the

antennas was divided equally by a T-coupler.

The transmitter used in previous NASA Atlas flights
was not used on the Mariner Mars vehicles because the

NASA/LeRC requirements for the data from that system

were deleted. This change decreased the Atlas sustainer

weight by 52.5 lb.
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2. Agena D Vehicle

An improved Agena D SS-01B provided the dual-burn

capability and attitude control required to place the

spacecraft on the predetermined geocentric transfer
orbit. The SS-01B basic vehicle differed from the SS-01A

model by the following major improvements:

1. Addition of propellant sumps and containment
screens

2. Use of beryllium doors and skins on forward section

3. Use of beryllium horizon seeker blow-off fairings

4. Use of a pyrotechnic-operated helium valve

5. Elimination of an electrical power control unit

These improvements were incorporated by the Air

Force prior to transfer of the vehicle to NASA. The

Agena D configuration is illustrated in Fig. 24.

a. Airframe. The Agena D airframe was a cylindrical

structure approximately 5 ft in diameter and 20.6 ft long.
The length of the vehicle is measured from the aft end

of the engine nozzle to the forward section of the for-

ward equipment rack. The vehicle spaceframe consisted

of four major sections: the forward section, the tank

section, the aft section, and the booster-adapter section.

The forward section carried guidance, flight-control

electronics, telemetry, command, tracking, electrical

power, and propellant-pressurization equipment. The

telemetry, guidance, and electrical power components

were module-mounted for simplified checkout and inter-

changeability. The tank section stored the fuel and oxi-

dizer necessary for operation of the main rocket engine

and also provided the supporting structure between the

forward and aft vehicle sections. The aft section pro-

vided for structural support and attachment of the rocket

engine assembly, pneumatic attitude control thrust

valves, nitrogen storage spheres; and it contained pro-

visions for alignment with the booster adapter. Ready

CABLE FAIRING __:_

RETRO-ROCKETS (TWO_7 /" "/Ty/\

RETRO-ROCKET FAIRING (TWO)_ _¢--/ ,
BOOSTER ADAPTER STRUCTURE--N _ _, " \

OXYGENF,LLOOOR- \ \ \ \ \
ROLLER ACCESS DOORS (EIGHT)__ J \ \ _- I

FUEL FILL DOOR-_ __ _-_ \ _ : J

NITROGEN FILL DOOR___/_ __......w._

PRIMACORD SEPARATION _"_(I _"_:C_ _;_i__ "

RING_ __ _ _/__._" ADAPTER._N

o :X:u NS°N
A'__\ "_ I CHARGE (OPTIONAL

/ / K,T)
y _"___ L ESLF- DESTRUCT CHARGE

FORWARD SECTION7 _,_____._' FAIRING

.......... ADAPTFR

""...." -:

-- _ ,4 GENA O

Fig. 24. Agena D basic configuration
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access to all parts of the engine, plumbing, and wiring

was made possible by the aft section open-frame

design. The booster adapter section was the intercon-

necting structure between the Agena D and the Atlas.
This section also housed the two retro-rockets used for

separation of the Atlas from the Agena.

b. Propulsion. The propulsion system was composed

of an engine with dual restart capability and a propellant

and pressurization subsystem. The engine was designed
for a nominal thrust duration of 240 sec with an overall

thrust rating of 16,000 lb (vacumn). Propellants used for

engine operation were unsymmetrical dimethylhydrazine

as the fuel and inhibited red fuming nitric acid as the

oxidizer. Propellant tanks were pressurized with helium

to ensure proper propellant pump operation. The propel-

lant and pressurization system maintained the desired

pressures in the propellant tanks and at the engine turbo-

pump inlet, and provided for passage of propellants

between these units. This system consisted of a helimn

supply sphere, control valves and couplings, propellant
isolation valves, and associated propellant lines and bel-

lows. At the aft end of the SS-01B propellant tanks,

sumps were provided to position the propellant at the

inlets to the fuel and oxidizer pumps. The sump con-

tained a fine mesh screen that permitted flow of pro-

pellants into the smnp during the Agena first burn and

inhibited a return flow during the coast phase. This new

feature of the Agena D system was developed for the

purpose of eliminating the heavier ullage rockets pre-

viously used.

Because a flight demonstration of the engine restart

eapability could not be obtained prior to launch, a posi-

tive continuous ullage eontrol system was added. This

system, activated just after first burn termination, con-

sisted of a small nozzle using bleed high-pressure attitude

control gas to provide a small positive thrust to overcome

drag during the parking orbit coast phase. This thrust

provided assurance that the propellants would be main-
tained at the bottom of tile tanks and that bubble forma-

tion would be minimized in the sump.

c. Electrical system. The electrical system supplied

power to the Agena systems. Two primary batteries sup-

plied 22 to 29.25 vdc (through the main power transfer

switch) to the pyrotechnics, the telemetry and C-band

tracking beacon, the guidance module, the 400-cps in-

verter, and the de-to-de converter. The 400-cps inverter

supplied 115-v, 400-cps single-phase and three-phase

power to the inertial reference package, the velocity
meter, the horizon meter, the timer, and the flight-

control electronics. The dc-to-dc converter supplied plus

and minus 28.3 vdc.

d. Guidance and control system. The primary function

of the guidance and control system was to: (1) maintain

the Agena at the proper attitude at all times; (2) provide

switch closures at the proper times to accomplish the

desired ascent sequence of events; and (3) provide

the propulsion shutdown signal after the desired velocity

to be gained had been achieved. The major components

of the system were the inertial reference package, the

horizon sensor, the flight-control electronics unit, the hy-

draulic attitude control system, the pneumatic attitude

control system, the velocity meter, and two electrome-
chanical timers. The inertial reference was provided by

the inertial reference package; the Earth reference for the

inertial reference package was supplied by the horizon

sensor. The inertial reference package controlled the

attitude of the Agena by applying attitude error signals

to the flight-control system, which, in turn, applied

torques to the A_ena. The inertial reference package

received inputs from the motion of the vehicle and from

the horizon sensor, the geocentric rate circuit, and the

command programmer. Thus, although the reference

package provided an inertial reference, this reference was

up-dated whenever the package received an input from

any of the four previously mentioned sources.

Error signals from the reference package were applied

to the flight-control electronics unit, in which they were

processed and applied to the hydraulic attitude control

system and the pneumatic attitude control system. Two

hydraulic actuators gimbaled the engine, prov'fding

thrust-vector control; six nitrogen gas attitude control

jets were provided to torque the vehicle.

The velocity meter used a pulse-generating aecelerom-

eter and a pulse counter to provide an engine shutdown

signal when the desired velocity to be gained had been
achieved. The standard sequence timer consisted of a

synchronous motor, 12 dual-counter assemblies, and 72
switches. Switch closures at 24 discrete times provided

the prograiuming for the ascent sequence of events

and the engine start. At the end of the parking-orbit

period, the restart timer restarted the standard sequence
timer, which then sequenced the remaining Agena

events. The guidance junction box and flight-control

junction box provided the interconnects required by the

guidance and control system.
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e. Communications and control. The communications

system monitored and measured, via electrical signals,

functional and environmental conditions of the Agena

and the spacecraft during the ascent phase to spacecraft

injection, and during the Agena retro-maneuver. The
system which transmitted these measurements was com-

posed of a Type V 17 channel FM/FM telemetry system

with turbine speed on the modulation bus. Major com-

ponents of this system were a VHF 10-w transmitter

(RF amplified), voltage-controlled oscillators, RF switch,

programmer, dc-to-dc converter, signal conditioners, and

commutators. A transponder in the C-band range was
used to assist ground-radar tracking by the AFETR
stations.

f. Command destruct system. On Mariner III, the

command destruct system provided a ground-controlled

destruct capability from liftoff through Agena first-burn

cutoff + 15 sec. The system consisted of two antennas

and receivers, an RF coupler, a secondary battery power

supply, a destruct initiator, and a destruct charge.

On Mariner IV, the Agena flight-termination system

was comprised of two secondary batteries, a destruct

initiator, premature separation switches, and necessary

electrical circuitry. It would use the antenna and receiv-

ers of the Atlas LV-3A to receive and relay the destruct

signal in case of a command to destruct. In addition, if

the Atlas LV-3A and Agena separated prior to the pro-

grammed time, the destruct charge would have been

detonated automatically.

3. Payload Capability

Launch vehicle payload capability was of critical con-

cern to the Mariner Mars mission because the design

goal for spacecraft weight (570 lb) was about 100 lb

greater than initial Atlas/Agena vehicle capability for an

injection energy (C3) of 10.2 km'-'/sec 2 at the onset of the

program. Hardware and software improvement pro-

grams were implemented to obtain the required increase

in capability. Table 9 lists the significant improvements

that were implemented. Figure 25 presents the chronol-

ogy of spacecraft weight and vehicle payload capability

from early 1963 until launching. For the Mariner Mars

1964 mission, one unit of C3 energy km2/sec 2 was

equivalent to approximately 33 lb of payload.

Initially, the mission was programmed to use the

standard Atlas SLV-3; however, GD/C was directed to

switch to the Atlas D LV-3A in April 1963, when it had
become apparent that the standard Atlas schedule could

Table 9. Payload performance improvement

items implemented for Mariner Mars 1964

Category

Atlas

iAgena

Emergency

items

Item

Derated verniers

Lightweight telepack

Optimized pitch

program

Mod III G guidance

equations

Booster steering

Lightweight titanium

helium bottles

Additional basic

capability changes:

Propellant contain-

ment and scavenging

Beryllium skins and

doors

Pyrotechnic operated

helium valve

Positive continuous

ullage elimination

Type XIIA inverter

Lightweight C-band

beacon

Unitized J-box

Hercules retro-rocket a

Retro-rocket removal

Command destruct

replaced by self-

destruct system

Payload

improve-

ment, Ib

actual gain

20

9

25

12

47.2

19.8

2.2

4.5

19

24

Remarks

Includes use of posi-

tive continuous

ullage control

(--5 ib)

Incorporated in basic

Agena SS-01B

Incorporated in basic

Agena SS-01B

Replaced Aerojet

rocket

On Mariner IV only

On Mariner IV only

_Eliminated on Mariner IV in favor of trajectory bias.

not support the mission. At the time the change was

made, the standard Atlas capability was estimated to be

about 20 lb greater than a nominal Atlas D. It was pos-

sible to make the improvements listed in Table 9 on the
Mariner Atlas D so that the vehicle had about 60 lb

greater capability than a nominal Atlas D, and about

40 lb greater capability than a standard Atlas. It would
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Fig. 25. History of spacecraft weight and launch vehicle payload capability

not have been possib|e to achieve the same gains on the

standard Atlas, since its design was already frozen.

The principa| gain achieved by using the Atlas MA-5

engine was the &'rating of the vernier engines from

1000-1b to 670-11) thrust. This reduced the propellant con-

stoned by the w'rnier engines, thus making more propel-

lant availal)le for the main engines to deliver higher

effective specific impulse.

The optimized pitch prograln provided a flatter, more

efficient Atlas ascent trajectory consistent with the aero-

dynamic loads and heating constraints.

The Mod IlI G guidance equations made a significant

payload gain possible hy determining more efficient

Atlas sustainer ste-'ring commands. These commands

attempted to correct the vehicle trajectory only enough

to arrive at the proper aiming point. \Vith the original

guidance equations, larger steering commands were gen-

erated, which attempted to return the vehicle as rapidly

as possible to the nominal flight path. The payload gain

originally thotlght to be possil)le by use of l)ooster steer-

ing was considerably reduced hecause of implementation

of the more efficient Mod III G guidance equations.

Booster steering was implemented, therefore, primarily

for reliability purposes and to ensure 1)etter guidance

antemla look angles.

The ARena Additional Basic Capability improvelncnts

were a block of changes incorporated on the basic A_ena D

vehicles delivered off the Air Force assembly line. The

most important change from the performance capability

standpoint was the propellant tank and sump redesign

that: (1) reduced unavailal)le residuals by providing im-

proved scavenging, and (2) provided containment of suf-

ficient propellant within the tank sumps to eliminate the

need for ullage rockets. Because the containment feature

could not be flight-qualified for a two-burn lnission prior

to launch, the positive continuous ullage control system

was required on the Mariner vehicle to ensure the sec-

ond Agena start.
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The first launch vehicle delivered to Cape Kennedy

(Atlas 288D and Agena 6931) was originally scheduled for

erection on LC 13, which was the only launch complex

available early enough to support a launch on the first

two days of the launch period. However, when vehicle

tag values became available in June 1964, Atlas 289D
was substituted on LC 13 because that vehicle had about

10 lb (equivalent to 0.3 km-_/sec _-)greater capability than

288D. The additional capability available from 289D was

required to ensure 3 a propellant reserves on the first

day of the launch period.

In June 1964, GD/C reported that nitrogen dilution of

the LOX on LC 13 would reduce performance of the

vehicle launched from that pad by the equivalent of

as much as 10 lb of payload. Nitrogen dilution of LOX
on LC 13 was due to the use of a nitrogen pressure

LOX transfer system on that launch complex. (A mechani-

cal pump transfer system was used on LC 12.) Nitrogen
dilution would increase with each LOX transfer, and the

10-1b payload penalty was based on the dilution that

might be expected after several transfers. To avoid a

payload penalty on LC 13, helium was substituted for

nitrogen as the pressurization gas, which eliminated the

LOX dilution problem. The final performance capability

of the first vehicle (Atlas 289D/Agena 6931/MC-2 on

LC 13) prior to launch was 572 lb at a Ca of 10.2 km2/sec "-,

which was equivalent to an energy of 10.11 km2/sec 2 for

the actual MC-2 spacecraft weight of 575 lb.

After the launch and failure of Mariner HI, emergency

measures were taken to offset the additional weight and

drag of the new all-metal shroud and to extend the avail-

able launch period for the second launch. The Agena

retro-rocket was removed and the Agena command de-

struct was replaced with a self-destruct system. Substitu-

tion of the self-destruct system provided a significant

increase in capability because the self-destruct system

was separated with the Atlas sustainer stage (about 10:1

payload trade-off), whereas the command destruct would

have been carried to injection (1:1 payload trade-off).

The net effect of these improvements, together with

the all-metal shroud, was a 40-1b gain in payload capa-

bility, which was equivalent to 1.225 km2/sec 2. The

final performance capability of the second vehicle

(Atlas 288D/Agena 6932/MC-3 on LC 12) at launch was

702 lb at a C3 of 10.2 km-_/sec "°, which was equivalent to

an energy of 11.0 km-°/sec 2 for the actual MC-3 space-

craft weight of 575 lb.

4. Flight Performance

Table 10 presents the major Atlas/Agena sequence of

events. No changes in the nominal sequence of events
were made after Mariner III launch, except for the events

related to the Agena destruct and retro systems. Ac-

tual event times and several nominal times are given for
both launches.

Table !0. Launch vehicle flight event times

Mark

event

number

I

II

III

IV

V

VI

VII

VIII

'IX

X

XI & XII

XIII

Event

Liftoff

Atlas booster engine

cutoff

Atlas booster engine

separation

Atlas sustainer engine

cutoff

Atlas vernier engine

cutoff

Shroud eiection

Atlas/Agena separation

Initiate Agena -- 120

deg/min pitch rate

Transfer to --3.21

deg/min pitch rate

Agena first-burn

ignition

Agena first-burn

cutoff

Agene second-burn

ignition

Agena second-burn

cutoff (injection)

Agena/spacecraft

separation

,Agena yaw maneuver

start

,Agena yaw maneuver

completion

Agena retro-rocket

completion

Time, sec

Actual (from lit'taft)

Nominal

Mariner Ill Mariner IV

L+0 0 0

L 4- 133.5 133.43 134.00

L 4- 136.6

!. 4- 299.9 302.25 299.00

! t 4- 219.8 320.21 317.50

L 4- 322 322.40

L 4- 324.5 324.60 321.74

L 4- 355

l 4- 359

L4- 379 373.48 371.37

L4-525.3 521.98 517.25

L 4- 1740.3 to 1919.98 2450.80

L 4- 2924.4

Mark IX 4- 97 2016.01 2546.60

Mark IX 4- 258 2178.08 2708.80

Mark IX -t- 26] 2180.96 No yaw

maneu

ver re-

Mark IX 4- 321 quired

Mark XI + 600 2778.0 P
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a. Mariner III. The launch vehicle injected the space-

craft with a velocity insufficient (by 836 ft/sec) to

achieve the required Mars flyby trajectory. In all other

respects, preliminary analysis indicates launch vehicle

performance was satisfactory.

All Atlas flight objectives were met. At L + 103.1 sec,

a transient disturbance was registered by all Agena

acceleration and strain transducers, interface instrumen-

tation, and Atlas rate gyros. Agena events occurred nom-

inally, except that first-burn shutdown was initiated later
than nominal, and second-burn shutdown occurred

earlier than nominal due to oxidizer depletion. During

both burns, combustion-chamber pressure and specific

impulse were slightly higher than nominal, resulting in

higher-than-predicted engine performance. Computa-

t_ions run by LMSC show that the added weight of an

unseparated shroud would have caused approximately
the additional increments of burn time that occurred.

Although the two shroud separation microswitches indi-

cated separation (only 0.060 in. of travel required to

actuate) at the proper time, all other evidence supports

the theory that the shroud did not, in fact, eject clear of

the spacecraft.

Booster pitch steering was enabled between 100 and

110 sec in flight. Beginning at L + 108.7 sec, pitchdown

commands of 13'fi (0.27 deg/sec) magnitude and 1/,:see

duration each were generated during four of the sub-

sequent six computer cycles. This resulted in a total

pitchdown command of 0.534 deg. The last of the four

commands was initiated at approximately 111 sec, which

was consistent with the Mod III computing system

program.

b. Mariner IV. The launch vehicle injected Mariner 1V

well within the midcourse correction capability of the

spacecraft to achieve the desired heliocentric trajectory.

Preliminary analysis indicated that all Atlas systems per-
formed satisfactorily and that all Atlas objectives were

met. Booster steering was enabled between 100 and

110 sec in flight; however, no booster steering commands
were sent because the vehicle remained within 1.5 a of

the programmed trajectory.

Analysis of Agena data confirmed satisfactory vehicle
operation and that all Agena ohjectives were met. The

oxidizer-pump lip-seal pressure measurement indicated

an erratic decay during first burn from approximately

15 psia to 1.5 psia over a 10-see period. It later went up
to 4 psia and, at second-burn ignition, to 9 psia. Follow-

ing shutdown, it stabilized at 1.5 psia.

E. Launch Operations Summary

1. Prelaunch Operations

A calendar of launch vehicle prelaunch events com-

mencing with arrival of the launch vehicles at Cape

Kennedy is presented in Table 11.

a. MC-2/6931 shroud system. Upon completion of the

combined systems test, the encapsulated spacecraft was

returned to the clean room in Hangar AO and demated.

Rework and retrofit of the 6931 shroud system was

initiated immediately to prepare it for flight. Among the

more important details requiring correction were:

1. Replacement of the beryllium nose dome that had

a smudged surface

2. Rework of the umbilical door and its seal

3. Installation of accelerometers on the adapter

4. Rewrapping of the electrical harness with glass tape

5. Replacement of the spacecraft V-band retention

springs

6. Realignment of the shroud V-band electrical dis-

connect guide brackets

7. Replacement of the vent valve with a preset and

calibrated assembly

Rework, retrofit, and cleaning were completed on

November 3, 1964 when encapsulation was accomplished

in the JPL Explosive Safe Facility. The assembly was
then moved to LC 13 and mated to Agena 6931.

b. MC-3/6932 shroud system. The mating of MC-3

with the Agena 6932 adapter was scheduled for approxi-

mately 3 weeks after the MC-2/Agena 6931 matchmat-

ing. The main difficulty experienced was in reworking
the umbilical door for proper sealing and repeatable

locking.

Upon completion of adapter mating with MC-3, the

encapsulated spacecraft was moved to LC 12 and mated

to the Agena 6932/Atlas 288D for J-FACT and simulated

launch. After successful completion of these tests, the

encapsulated MC-3 spacecraft was returned to the ESF.

Final cleaning and miscellaneous retrofit on the 6932

adapter and shroud was performed, including the instal-

lation of V-band pyrotechnics. The spacecraft was

readied for launch and reencapsnlated in the ESF. Final
umbilical door closure checks were made and the assem-

bly was moved to LC 13 for remating to the 6932/288D
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Table 11. A calendar of major activities at Cape Kennedy

Event

Agena arrived at Cape Kennedy

Atlas arrived at Cape Kennedy

Atlas erected on-pad

Spacecraft arrived at Cape Kennedy

Shroud/adapter system arrived at

Cape Kennedy

Atlas returned to Hangar J; Agena

moved to Hangar AM

Agena returned to Hangar AE

Atlas reerected on pad

Agena mated to Atlas

Agena and booster adapter demated

and returned to Hangar AE

Spacecraft mated to adapter at

Hangar AO

Shroud mated to adapter at

Hangar AO

Atlas booster and sustalner sections

demated and remated on-pad

Booster adapter and Agena remated

to Atlas

Spacecraft mated to Agena

First B-FACT

First J-FACT

Simulated launch

Spacecraft demated

Date, 1964

Mariner III

August 9

August 10

August 17

August 28

August 31

September 8"

September 10

September 15

September 15

September 16 c

September 16

September 17

September 17 c

September 18

September 18--19

September 24

September 25

September 28

September 29-30

_,4 days late due to Hurricane Dora.

bShroud arrived September 16, 1964, without adapter.

Mariner IV

September 12"

July 28

September 28

September 14

September 16 b

Not applicable

Not applicable

Not applicable

October 7

Not applicable

September 28

September 29

Not applicable

Not applicable

October 9

October 13 d

October 15 d

Not applicable

October 14

_For repair of Atlas damage caused by stretch-mechanism failure.

'_Spacecraft not included in test.

Event

Agena demated, returned to Hangar

AE

Spacecraft moved to ESF

Spacecraft returned to Hangar AO

Spacecraft moved to ESF again

Atlas propellants tanked

Spacecraft mated to adapter at ESF

Agena remated

Second B-FACT

Shroud mated to spacecraft and

adapter at ESF

Spacecraft remated to Agena

Spacecraft demated

Agena demated for revalidation at

Hangar AE

Agene remated

Second J-FACT

Atlas/Agena temporary separation

for urgent action survey

Metal shroud arrived at

Cape Kennedy

Third J-FACT

Spacecraft remated

Simulated launch

Launch

Date, 1964

Mariner III

September 30

October 1

October 6

October 21

October 21

October 23

October 24

October 26

October 26

October 27

Not applicable

Not applicable

Not applicable

October 29

Not applicable

Mariner IV

October 16

October 27

Not applicable

Not applicable

October 19--20

October 28

October 28

October 30

October 30

October 31

November 6

November 7

November 15

November 1S b

November 19

Not applicable

Not applicable

Not applicable

November 2

November 5

November 22

November 23 d

November 24

Not applicable

November 28

launch vehicle combination. The plan to have both

spacecraft/launch vehicle systems ready simultaneously

for launch operations was accomplished.

c. MC-3 all-metal shroud system. The all-metal shroud,

which had been fabricated on a "crash" basis, was

flown to Cape Kennedy on November 22. The shroud

was taken to the ESF for unpacking, inspection, and the

installation of handling gear.

Early the following morning, a matchmate attempt
was made. The MC-3 spacecraft had been mated to the

original 6932 adapter and had not been removed since

the last mate. The strain gauges on the spacecraft V-band

showed no loss of tension during this period of time.

Because the mating surface of the new shroud had been

scraped to fit the 6931A adapter, it was anticipated that
poor seating on the adapter would result. A thin coat of

bluing was applied to the shroud mating ring, and the
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shroud was lowered over the spacecraft and adapter.

An inspection after the mate disclosed that 95_ of the

mating surface made contact, and all gaps were less

than 4 in. long.

Before the final spacecraft mate, a final check of the

shroud spring alignment and stroke was made by placing

the shroud on blocks on a level table with springs ex-

tended. This measurement was accomplished during the

Table 12. Atlas 289 D (Mariner III) prelaunch problems and field modifications

Category Problems and modifications

Airframe

Flight control

Hydraulics

Pneumatics

Electrical

Propulsion

Propellant

utilization

Category

Stretch-sling failure causing damage to booster

separation ring

Autopilot servo amplifiers replaced to change

from 50- to 45-deg vernier yaw bias

False indication of excessive yaw displacement

gyro drift

Ten autopilot connectors rejected due to poor

workmanship

Anomaly in yaw signal amplifier monitoring

circuit indicating nonlinearity during yaw

steering

Sustainer and vernier engine actuators changed

Internal pressure switches changed on booster and Guidance

sustainer systems

Contaminated fuel tank pressure regulator replaced l

Damaged fuel pressurization Y-duct spanner nut

replaced

Leaking fuel relief valve replaced

Failed pad cooling unit compressor replaced Azusa

Failed booster bottle pressure control switch

replaced

Main missile battery aft mounting holes required

elongation

Main missile battery harness required rerouting

to allow battery installation

Defective staging disconnect replaced

Fuel start tank vent check valve replaced

Fuel and Lax elbow orifices to vernier engines

changed Propellant

Sustalner Lax regulator replaced due to out-of- loading

dimensional tolerance

Two sustainer hydraulic control packages replaced I

because null point too high

Valve protractor required realignment Complex

Valve mechanical stop required resetting

Loose protractor cotter key required tightening

with subsequent shaft realignment

Error demodulator output voltage required

resetting

Range safety

command

Telemetry

Land line instru-

mentation

Propellant-

level control

Problems and modifications

One can plug with pins having solder voids

replaced

Command receiver with varying AGC replaced

Noisy hydraulic accumulator transducer replaced

Oscillating Lax pump inlet transducer replaced

Partly shorted pitch transducer replaced

Engine position transducers required recalibration

Transponder RF input/AGC measurement deleted

because Azusa system not used

Two defective "ground-test-only" pulse beacon

canisters replaced

Flight rate beacon replaced with modified beacon

having improved reliability

Canister harness required rerouting for new

mounting brackets

Azusa system removed for mission at direction of

LeRC

Cross.connected plugs required relnstallation

Defective airborne disconnect plug replaced

Two intermittent pins bypassed with substitute

pins

No replacement available for defective Lax

storage tank level transducer

Time did not permit replacement of two damaged

bending strain transducers

Both control pressure regulators unstable and had

history of poor reliability

Failed Lax 95% level indicator-light relay replaced

One umbilical solenoid with excessive lead length

rejected

Three relays failed within 3 weeks.

Problem investigated because of common use

of relay in launch complex circuits

Service tower firex stub-up relief valve broken off

during launch
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early morning hours of November 24, and was followed

by final encapsulation of the spacecraft.

A shroud leak test was conducted with the umbilical

door taped shut. Water pressure of 2.3 in. was main-

tained at a flow rate of 2 ft3/min. However, a significant

drop in pressure was detected when the umbilical door

was untaped. Some difficulty had been encountered

previously in trying to get the door to shut properly. It
was suspected that the door was off-center and not seal-

ing tightly around all edges. The door was readjusted and

it appeared to close and lock satisfactorily; however,

another pressure check revealed a leak, which was

caused by a gap in the shroud skirt below the umbilical

door. When this gap was taped over, the leak rate was
acceptable.

The encapsulated assembly was moved to LC 13 on

November 24 for mating with the launch vehicle.

On November 27, during the countdown of the first

launch attempt, it was noticed that the shroud V-band

explosive-bolt wiring harness was protruding beyond the
shroud aerodynamic skirt protective area. Contoured

pieces of cork were epoxy-bonded to the shroud skirt to

increase the protection of the explosive bolts from aero-

dynamic heating. Vinyl tape, used for pressure sealing

other areas of the shroud, was placed over the cork to

improve airflow characteristics.

d. Prelaunch vehicle problems. The more significant

Mariner Ill and Mariner IV Atlas and Agena prelaunch

problems and field modifications are listed in Tables 12

through 15.

Table 13. Agena 6931 (Mariner III) prelaunch problems and field modifications

Category Problems and modifications

Airframe

Propulsion

Electrical

Corroded ground contacts and surface areas of

booster adapter and extension cleaned and treatec

O.010-in. gouge in booster adapter due to Atlas

stretch-sling failure burnished and painted.

Mislocated access hole in GD/C debris shield

reworked.

Sticking horizon sensor pinpuller replaced.

Fuel vent quick disconnect with scored mating

surface replaced.

Gas generator oxidizer filter assembly with

damaged flare surface replaced.

Leaking helium pressure transducer adapter fitting

with scratched flare replaced, and missing O-ring

installed.

Deformed flange of turbine manifold starter inlet

port replaced. Metal chips found in inlet throat

removed prior to relnstallatlon.

Scored-gimbal actuation bolt replaced.

Fuel valve replaced with unit of improved design.

Positive continuous ullage control kit installed

and tested. Orifice not seated due to improperly

machined cap and resulting damage to holder--

unit repaired.

Seal fitted to leaking positive continuous ullage

control holder assembly at line connection.

Command destruct kit wiring harness replaced

with modified harness.

Four holes in power distribution J-box sealed with

tape per specification.

Category Problems and modifications

Guidance and

flight control

Communications

Two short harnesses replaced.

Shorted Type IX dc-to-dc converter power supply

replaced.

Aft safe/arm J-box with two defective relays

replaced. All similar type relays in vehicle tested

and found to function satisfactorily.

Flight control J-box removed for guidance

deadband modification, reinstalled and

revalidatlon-tested.

Secondary sequence timer replaced by direction

from spacecraft.

Primary sequence timer removed to reset time for

operation of oxidizer propellant isolation valve;

spare timer temporarily installed.

Defective guidance module velocity-meter

accelerometer and electronics package replaced.

Velocity-meter counter replaced because of

anomalous readout. Counter later found not to

be at fault.

Telemetry transmitter with low output replaced.

Improper spacers under telemetry connector

replaced to correct channel calibration shift

problem.

Switch and calibrate unit removed for modification

(additional diode required;

Faulty beacon transponder replaced.

Faulty commutator switch motor replaced.
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Table14. Atlas 288 D (Mariner IV) prelaunch problems and field modifications

Category Problems and modifications

Airframe

Flight control

Hydraulics

Pneumatics

Booster and sustalner boots replaced by modified

boots; modified boots required addition of

safety wire to meet specification. Second

modification also required.

Three autopilot harness plugs replaced after X-ray

survey.

Sustainer and vernier actuator servos replaced.

Programmer replaced after faulty operation in

propellant utilization test.

Second programmer replaced after malfunction in

B-FACT.

Autopilot with nonlinear roll integrator output

replaced.

All autopilots including spares returned to vendor

for rework.

Gyro group with random blinking spinning light

replaced.

Gyro group having no spinning indication in

laboratory test rejected.

Gyro group having intermittent spinning light in

laboratory test rejected.

Sustainer and vernier actuators replaced.

Internal hydraulic-pressure switches changed.

Failed hydraulic-pressure unit first-stage low-

pressure pump replaced.

Contamination in fuel-ullage test tank caused by

duct-clamp failure removed.

Category Problems and modifications

Propulsion

Range safety

command

Telemetry

Guidance

Propellant

loading

Compressor with uneven performance replaced.

Booster fuel staging valve replaced.

Fuel start-tank vent check valve replaced.

Vernier LOX and fuel-orlfice elbows changed.

Sustainer LOX bootstrap check valve and line with

leaky joint replaced.

Booster gas-generator fuel-supply line with leaky

flexible hose section replaced.

Drifting ISS regulator output pressure readjusted.

Receiver with fluctuating AGC level replaced.

Erratic transducer replaced.

Detached LOX start-tank transducer reinstalled.

Waveguide assembly with pitted exterior replaced,

Second waveguide assembly with pitted exterior

replaced.

Rate beacon replaced with unit having power-

supply modifications.

Pulse beacon with noisy signal return replaced.

Leaking airborne LOX fill and drain replaced.

Maladjusted fuel fill- and drain-valve position-

indicating microswitch corrected.

Corroded fuel-pump plug repaired. Circuit

modification should prevent repetition of this

problem.
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Table15.Agena 6932 (Mariner IV) prelaunch
problems and field modifications

Category Problems and modifications

Airframe

Propulsion

Electrical

Guidance and

flight control

Communications

Cable interfering with horizon-sensor door heated

and bent to fit.

Harness with damaged connector replaced.

Broken umbilical door spring replaced.

Interfering bolt filed to fit.

Corrosion of tank section due to moisture from

cooling blanket removed.

Conax valve filter assembly with scratched seal

surface replaced.

Pyrotechnic helium control valve with leaking

llne connection replaced.

Incorrectly machined orifice holder nozzle replaced

Leaky nitrogen supply tube assembly replaced.

Second leaky nitrogen supply tube assembly

repaired by installing flare savers.

Oxidizer pressure switch with faulty test-

indicator light replaced.

Second oxidizer pressure switch failed to close and

replaced.

Line with leak at combustion-chamber pressure-

switch fitting junction replaced.

Leaky valve replaced.

Agena retro-rocket removed at NASA direction.

Converter (de-to-de) with no power output

indicated replaced.

Second and third dc-to-dc converters replaced but

problem later located in test equipment with

interchanged fuses.

Three-phase inverter, which was subjected to

excessive voltage, replaced.

Five guidance harnesses with bent pins replaced.

Two small loose pieces of thermal sleeving removed

from guidance J-box.

Velocity-meter counter replaced by modified unit.

Faulty harness reworked.

Telemetry transmitter exhibiting dropout during

J-FACT replaced.

2. Countdown and Summary of Launch-on-time

Experience

The countdown interruptions experienced on

Mariner HI and Mariner IV are shown in Fig. 26 in

which they can be compared with earlier Mariner count-

down experiences. Figure 26 also presents the total num-

ber of days in the launch periods of each mission, launch

attempts per launch, and total window penetration prior
to launch.

The problems that resulted in countdown holds or

cancellations are explained below and are keyed to

Fig. 26 by item number.

a. Mariner IIL The Mariner III/Atlas 289D/Agena D
6931 vehicle was launched from AFETR Launch Com-

plex 13 on the second day of the launch period,
November 5, 1964, at 19:22:04.92 GMT.

The first launch attempt (_) was originally scheduled

for November 4, 1964; however, on November 3, it was

rescheduled for November 5 to permit a series of tests

on the newly replaced Agena safe/arm relays in the
aft J-box. The launch countdown was initiated at

L -- 405 min on November 5, and proceeded normally
with the following holds.

At L -- 275 min (_), a hold was called because of the

loss of industrial power at the launch complex, which

was caused by a bird flying into a power transformer at
L -- 306 min. Power was restored 2 min after the hold

was called; however, the hold was continued for a total

duration of 31 min to permit the Atlas to return to the

proper countdown configuration.

At L -- 60 min Q, the first planned hold was called,

which was originally scheduled to last 60 min. The hold

was reduced to 29 min to meet launch-window require-

ments and, due to clock adjustment during the hold,
finally resulted in an actual duration of 28 min.

At L -- 7 min (_), the second planned hold was called,

which was originally scheduled for 10 min, but was

extended to 37 min to evaluate a reported malfunction
in the antenna drive servomechanism at the DSIF sta-

tion in Woomera, Australia.

At L - 2 min (_), a brief hold of approximately 1 min

was called because LOX topping had not been com-

pleted. Also, Antigua radar station 91.18 was reported

intermittent. The countdown was recycled to L - 7 min
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and the hold maintained to retop LOX. Additional time

was required to recycle the spacecraft and for AFETR

evaluation of the Agenda beacon readout for the new

launch plan. The total hold time was 11 min.

At L - 2 min @, a hold was called on the second

cycle because of the Antigua radar station problem

noted earlier. The countdown was recycled again to

L - 7 min and held for problem evaluation. The radar

problem was cleared but AFETR requested 5 min to

reorient for a required launch-plan change. Antigua

station 91.18 then lost power supply and the requirement

for station 91.18 radar was deleted. The total hold time

was 11 min.

At L - 31,/., rain @, a momentary hold of 1 min was

called on the third cycle to verify LOX topping status.

At that time, Antigua station 91.18 was reported opera-

tive again. After this hold, the count proceeded without

incident through liftoff.
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Fig. 26. JPL launch-on-time experience
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b. Mariner IV. The Mariner IV�Atlas 288D/Agena D

6932 vehicle was launched November 28, 1964, at

14:22:01.3 GMT from AFETR Launch Complex 12 on

the second of two launch attempts. The launch pro-

ceeded on schedule through liftoff with no significant

problems encountered. The first launch attempt was con-

ducted on November 27 with the following holds.

At L -- 135 min Q, a hold of 176 min was called to

evaluate an apparent problem due to the pyrotechnic

harness on the shroud protruding out into the air stream.

The count was resumed when analysis of the problem
indicated that the condition was not detrimental.

At L - 60 min (_), a hold was called to analyze a

spacecraft communications subsystem anomaly. The

launch attempt was scrubbed after a 6-min hold, since
insufficient time remained in the window to evaluate

the anomaly. The countdown was later continued to
L - 30 min as a simulated launch exercise.

3. Launch and Hold Criteria

a. Shroud-cavity temperature. Prelaunch control of the

shroud-cavity ambient temperature between 40 and 65°F

was a requirement to ensure that critical spacecraft tem-

peratures would not exceed design limits in flight prior

to Sun acquisition. Shroud-cavity ambient temperature

was monitored before launch by means of a thermistor

located inside the umbilical door and one on the space-
craft umbilical cable connector. Because tests had indi-

cated that the ground cooling system was marginal for

maintaining the shroud-cavity temperature below the

65"F limitation on hot days, the spacecraft temperature
limitations were reassessed in order to determine a

maximum temperature launch and hold criteria. The

most critical spacecraft component was the Canopus

sensor. The criterion finally established was a maxi-

mum Canopus sensor temperature of 90°F prior to

launch. Canopus sensor temperature was also monitored

and normally ran about 10*F above the ambient cavity

temperature as measured by the thermistor attached to
the umbilical connector.

b. Ground-wind constraint. The use of the shroud

cooling blanket imposed a tighter ground-wind constraint
on the launch vehicle. The wind restriction determined

by GD/C for the vehicle with cooling blanket installed
and service tower removed was between 20 and 23 mph

depending on wind direction. Without the cooling blanket
installed, the wind restriction could be relaxed to be-

tween 32 and 35 mph. A plan was adopted at Cape

Kennedy to help relieve the tight wind restriction as
follows:

Weather conditions

(Predicted at launch)

Wind, Temperature,

mph *F

< 21 All values

> 21 < 70

>__21 > 70

Plan

Normal count with blanket

retract at L - 0

Blanket removal at

L - 175 min

Scrub the launch

Actual wind and temperature conditions were such that
all countdowns conducted with intent to launch were

carried out with blanket retract at L - 0.

c. Shroud and spacecraft V.band tension. Launch and

hold criteria for shroud and spacecraft V-band tension

were:

Maximum, lb Minimum, lb

Spacecraft 2700 2300

Shroud 7000 6000

These limits were for the tension readings monitored

by land line in the blockhouse.

On Mariner III, one of the two shroud V-band strain

gauges indicated gradual decay in tension over a period

of several days. By the day before launch, it had dropped

below the 6000-1b limit. Tapping of the V-band with a
mallet to overcome friction and to equalize tension over

the band length, as was done during V-band installation,
did not indicate a defective or partially relaxed band.

Therefore, it was concluded that the low gauge was in

error and launch operations were resumed a few hours

later that night. On Mariner IV, all V-band strain gauges

remained within limits prior to liftoff. As noted earlier,

all flight V-band gauges were of the new semiconductor

type.

4. Documentation

The documents most directly applicable to the conduct

of the prelaunch and launch operations are described

below. They emanated from the Project Development Plan
that delineated the manner and extent to which the

contributing NASA agencies were involved. The Project

Development Plan authorized the mission and was the
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governing document in terms of mission objectives and

the resources to be committed to the Mariner program.

It included estimates of manpower and funding costs, the

spacecraft technical development plan, quality assurance

provisions, the management plan, procurement arrange-

ments, handling of data, and a delineation of the areas

of responsibility existing among the several NASA

agencies involved.

a. Mission Operations Plan. The Mission Operations

Plan provided management-type guidelines pertaining to

the Mariner launch operations at Cape Kennedy, and

established project policy in areas not covered in other

documentation. The Mission Operations Plan was con-

sidered as the controlling document in the event of

conflict with other Mariner project publications. It pro-

vided information concerning the Mariner launches; the

structure and relationships of management; the functional

integration of facilities as organized in support of the

launch operations; a launch plan; launch and hold cri-

teria; and a description of combined tests and launch-

complex cominunication assignments.

b. Master Launch Countdown. This document pro-

vided integrated step-by-step instructions for all launch-

complex and Cape Kennedy activities required to launch

the Atlas hooster, Agena second stage, and Mariner space-

craft, and included pad securing/abort procedures for

the Atlas. Agena and spacecraft abort procedures were

included in internal documents of LMSC and JPL. Sup-

plementary to the Master Launch Countdown, each

participating agency also used its own detailed launch

procedures for internal operations. All appropriate count-

downs were employed and verified in the combined

system test on LC 13, and in B-FACT, J-FACT, and
simulated launch tests.

c. Launch Test Directive. This document covered

mandatory preflight vehicle procedures, launch require-

ments, and vehicle configuration, and listed nominal

inflight event times during the preinjection period.

Telemetry channel assignments for the launch vehicle

and the spacecraft were also included.

d. Launch Constraints Planning document. This docu-

ment described the policy, design, and resources that

constrained the launch period and the launch window.

The document examined constraints in the areas of range

safety, the launch vehicle, the spacecraft, and its near-

Earth trajectories. It described tracking and telemetry

requirements from launch through launch plus 3 hr, and

the resources needed to meet these requirements. Dur-

ing the launch period, supplements to this document

were issued daily, as required, which defined the precise

launch plan for the following day.

e. Test and Operations Plan. The Test and Operations

Plan described test and operations plans for the Mariner

spacecraft, including spacecraft launch and hold criteria.

f. Pad Safety Report. This document provided infor-

mation on pyrotechnics, propellant, and pressurization

systems associated with the Agena D stage and the

Mariner spacecraft.

g. Booster Requirements Document. The Booster

Requirements Document defined the support require-
ments of the Atlas/Agena launch vehicle. It treated only

the standard Atlas/Agena configuration and reflected

the support requirements that were independent of the

payload or of the mission.

h. Program Requirements document. This document

defined the requirements imposed on AFETR for sup-

porting the Mariner Mars 1964 launches. It included

information on the mission, tracking and telemetry re-

quirements, meteorological service requirements, support
instrumentation, materials and services, transportation

logistics, aircraft and ships required, data processing, and
launch facilities. Tile docmnent was prepared by the

NASA Agena Mission Office using inputs from LeRC,

JPL, STL, LMSC and GD/C.

i. Program Support Plan. The Program Support Plan

indicated the AFETR capability and readiness to comply

with the requirements listed in the Program Require-
inents document.

i. Operations Requirements. These documents defined

the AFETR support required for each test to be con-

ducted during launch and prelaunch operations.

k. Operations Directives. The Operations Directives

were the official AFETR publications that mobilized the

resources of AFETR. Each Operations Directive sup-

ported the AFETR user's operations requirements for a

specific test or a series of tests of an overall program.

The Operations Directives constituted the official reply

to the Operations Requirements and established a base

for scheduling tests and committing AFETR support.

I. Proiect interface schedules. Because the launch

period is fixed for planet encounter missions, scheduling

of project milestones played a particularly important part
in the Mariner Mars 1964 program. The JPL schedule
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document for project milestones was entitled Spacecra[t/

Launch Vehicle Integration Plan. Milestones taken from

the Mariner Proiect Development Plan were given spe-

cial emphasis. The document was broken down into

five parts: (1) Spacecraft/launch vehicle interface hard-

ware activities, (2) Launch criteria, (3) Spacecraft OSE

and launch complex modification, (4) AFETR operations,

and (5) Atlas/Agena milestones.

A running plot showing the number of scheduled

events compared to the number of events accomplished

was incorporated in the front of each issue. The revision

cycle was originally set at 2 weeks, but that frequency

could not be maintained. Revised pages were issued as

rapidly as they could be prepared, checked, and repro-

duced for issue to all participating governmental and

industrial organizations.
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V. SPACECRAFT SYSTEM

A. General Description

Figure 27 shows the Mariner Mars 1964 spacecraft and

illustrates some of the significant aspects of the config-

uration. The spacecraft is fully attitude-stabilized, using

the Sun and Canopus as reference objects. A two-way

communications system provides telemetry to the Earth,

command capability to the spacecraft, and angle track-

ing, doppler, and ranging data for orbit determination.

The spacecraft has a propulsion system capable of

executing two trajectory correction maneuvers. Error

computation for midcourse correction is based upon

Earth angular measurements, two-way doppler fre-

quency shift, and range, with measurements of one-way

doppler as a backup. Nominally, the spacecraft needs to

perform only one mideourse correction, which is based

upon a determination of the orbit from ground tracking

data. A backup capability of performing a second mid-

course maneuver is available. The total 1 _r rms target
error due to maneuver execution errors and to orbit un-

certainty does not exceed 7000 km.

1. Power

Power during the launch-to-solar-acquisition phase and

during maneuvers is provided by a battery. While the

spacecraft is solar-oriented, power is derived from photo-
voltaic cells.

In order to ensure maximum reliability, the power sub-

system is designed to require no battery power after

initial solar acquisition except during maneuvers. The

battery is maintained in a state of full charge, and is

available during the encounter phase as an emergency

backup source in the event that a degradation of the

solar panels occurs. The battery also provides power for

reaequisition in the event of a noneatastrophie loss of
attitude control.

The photovoltaic cells are arranged on four erectable

panels having a combined total area of 70 ft'-'. The panels
are folded in the launch configuration. Power from the

photovoltaic cells and/or the battery is converted and

distributed to users as 2.4-kc square-wave power. A

smaller amount of 400-eps power is used for special

purposes.

2. Telecommunications

The telecommunications system (1) determines the

angular position, the doppler frequency shift, and

the range of the spacecraft for orbit determination;

(2) uses commands from Earth for controlling spacecraft

operation; and (3) telemeters engineering and scientific

information from the spacecraft.

The spacecraft telecommunications system consists of:

1. Radio-receiver; transmitters (RF exciters and

power amplifiers); antennas

2. Command

3. Telemetry-data encoder; video storage subsystem

The radio subsystem is involved with tracking, com-

mand, and telemetry. It must:

1. Receive the RF signal transmitted to the spacecraft
from the DSIF

2. Coherently translate the frequency and phase of the

received RF signal by a fixed ratio

3. Demodulate the received RF signal and send a

composite command signal to the spacecraft com-

mand subsystem

4. Demodulate the range code transmitted to the

spacecraft from the DSIF

5. Modulate the transmitter signal with the demodu-

lated ranging signal

6. Modulate the transmitter with a composite teleme-

try signal

7. Transmit the modulated RF signal to the stations
of the DSIF

The antennas consist of a high-gain fixed elliptical

parabolic section antenna and a low-gain antenna that

provides essentially uniform coverage in the forward

hemisphere of the spacecraft.

The low-gain antenna is the primary antenna for the

Earth-to-spacecraft link. Communication during the first

half of the flight is maintained through this antenna

using the 10-kw DSIF transmitters. The 100-kw trans-
mitter at Goldstone is required to support the second

half of the flight unless the receiver is switched to the

high-gain antenna. Switehover to the high-gain antenna,

and back to the low-gain antenna if desired, may be

effeeted by ground command. If the receiver is on the

high-gain antenna and the gyros are turned on, the re-
ceiver will immediately be switched to the low-gain
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antenna. Onboard backup logic automatically cycles the

receiver between the high- and low-gain antennas every
662/3 hr if the receiver loses the Earth signal and does

not regain it for two successive occurrences of the

66z/3-hr cyclic pulse.

The transmitting subsystem contains two redundant

RF power amplifiers and two redundant RF exciters

usable in any of the possible combinations. A transmitter

made up of one RF power amplifier and one RF exciter

operates coherently with the receiving subsystem, and

the redundant equipment is, to the maximum extent pos-

sible, independent of the receiving subsystem and the
operating transmitter equipment. Selection of the RF

amplifiers and of the RF exciters is by onboard logic

with ground command backup.

The output from the transmitting subsystem can be

connected to either the high-gain antenna or the low-
gain antenna. Switchover occurs on command from the

CC&S with ground command backup. Transmission via

the high-gain antenna is required for approximately the
second half of the mission.

Spacecraft performance and scientific data, both digital
and analog, are transmitted in a continuous stream of

telemetry information, in the form of binary bits. The

bits effect binary modulation of a subcarrier, which
phase-modulates the main RF carrier. To form the

stream of information (composite telemetry signal), vari-

ous analog engineering data are sequentially sampled

(multiplexed). The multiplexed data are converted to

binary form and multiplexed with binary scientific data.
There are four data modes:

1. Mode 1 is used during maneuvers. In this mode,

only engineering data are sampled. Mode 1 may

also be used to increase the engineering data sam-

piing during cruise to aid in failure analysis if

required.

2. Mode 2 is used during the launch phase, initial

acquisition, and cruise. Blocks of engineering data
140 bits long are alternated with hlocks of science

data 280 bits long.

3. Mode 3 is used during the encounter phase while

the TV and planetary scan subsystems are viewing

the planet. In this mode, only science data are

sampled.

4. Mode 4 is used to play back the stored science data

from the tape machine. Following the transmission

of each complete picture, approximately 2 hr of

real-time Mode 1 engineering data are transmitted.

The data modes are differentiated by the specific data

format in each mode without considering the bit rate.

Data transmission is in digital form at bit rates of either

81/3 or 331/3 bps. Selection of the bit rates is by command

from CC&S with ground-command backup.

The telemetry subsystem accommodates 100 commu-
tated measurements including synchronization, framing,

and subcommutation requirements. Selection of the data

modes is by ground command or onboard logic, depend-

ing on the sequence of inflight events. A list of the telem-

etry channel assignments is given in Table 16. Figure 28

shows the functional arrangement of the data encoder
commutator.

The command subsystem has a capacity for 29 direct

commands and 1 quantitative command. The command

bit rate is 1.0 bps. The ground-transmitted signal may be

modulated by command data to control various space-

craft functions. The spacecraft receiver demodulates the

composite received signal and routes the command sub-

carriers to the command subsystem. The command

subsystem detects the command binary wave train, de-
codes the information content of this wave train, and

TOANALOG-
TO-DIGITAL
CONVERTER

J, IDECK I

LOW-LEVEL
AMPLIFIER

(H) HIGH-LEVEL SIGNALS

(L) LOW-LEVEL SIGNALS

Fig. 28. Functional diagram, data encoder commutator
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Channel Measurement

100 Synchronization

101 Deck 200

102 Deck 210

103 Receiver AGC (coarse)

104 Command detector monitor

105 Pitch gyro/fine Sun sensor

Table 16. Telemetry channel assignment

106 Yaw gyro/fine Sun sensor

107 Roll gyro/Earth position detector

108 Canopus intensity

109 PS&L output voltage

110 Deck 220

111 Receiver SPE

112 Pitch position

113 Yaw position

114

115

Roll positlon/roll search

Event counter No. 1

Pyrotechnic amperes

Gyros on

Solar panel 4A1 open

Event counter No. 2

CC&S events

Solar panel 4A3 open

116 Event counter No. 3

Pyrotechnic arm

Pyrotechnic amperes

Solar panel 4A5 open

End-of-tape loop

Event counter No. 4

Command events

Sun acquisition

Solar panel 4A7 open

Scan platform unlatched

117 Thrust chamber pressure

118 Propulsion N: tank pressure

119 Propellant tank pressure

Measured range

Parameter

"1111111"

--90 to --150 dbm _ r

-- 3.4 _2f_ _ 4" 3.4 c )s Digital

±20 mrad/sec

±15 mrad

± 20 mrad/sec

± 15 mrad !

± 20 mrad/sec

0 to 0.1 ft-cd _r

0.2 to 10 times Canopus 0 to 3 vdc

23 to 53 v

± 600 cps

±20°F

±20°F

± 26 mrad

Voltage

Digital

0 to 3 vdc

0 to 300 psia

0 to 4000 psia

0 to 500 psla

--+--1.5 vdc

_r
± 1.5 vdc

_r

Digital

_r

Accuracy
%

_r

3

i

_r

Ir

Time between samples

Data Mode 1

331/3 bps 81/3 bps

4.20 1,i.8

i
i
I

l

Data Mode 2

331/3 bps 81/3 bps

12.6 50.4

(_1 rain)

!
i

i
i

i

!
i
i

i

i

i
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Channel Measurement

200 Synchronization

Table 16. (Cont'd)

201 Low deck position

202 Deck 300

203 Dual booster/regulator input current

204 PS&L current to commutator converter

205 Main booster/regulator output current

206 Battery voltage

207 2.4-kc inverter output voltage

208 Attitude control X/--Y gas pressure

209 Attitude control --X/Y gas pressure

210 Receiver local oscillator drive

211 Deck 400 and 410

212 Deck 420 and 430

213 High-gain antenna drive

214 Low-galn antenna drive

215 Receiver AGC (fine)

216 Battery charge current

217 Propellant temperature

218 Attitude control X/--Y gas temperature

219 Attitude control --X/Y gas temperature

220 CC&S timing of events

221 Maneuver booster/regulator output

Measured range

Parameter

"1111111"

0to 19

0 to 10 amp

0 to 5 amp

0 to 5 amp

23 to 40 v

40 to 60 v

0 to 4000 psia

0 to 4000 psia

0 to 3 mw

R

0to 14w

0to 14w

--118 to --142 dbm

0 to 1 amp

25 to 150°F

_r

0 to 5 amp

current

222 Solar panel 4A1 current

223 Solar panel 4A5 current

224 Solar panel 4A3 current

225 Solar panel 4A7 current

226 Battery current drain

227 2.4-kc inverter output current

228 Oxidizer pressure

229 Exciter power output

300 Cathode/helix current

0 to 10 amp

0 to 2.5 amp

0 to 500 psla

0 to 0.6 w

0 to 135 ma

0 to 16 ma

Voltage

Digital

Digital

0 to 3 vdc

_r

0 to 100 mv

,r

0 to 3 vdc

500 to 600 S_

,l
Digital

0 to 3 vdc

Time between samples

Accuracy
%

331/3 bps

-- 42.0

3

_r

5

5

3

'r

5

_r

3

_I 420.0

Data Mode 1

81/3 bps

1

'.0

Data Mode 2

331/3bps 81/3bps

1 504.0

(82/5 min)

_r

.0 5040.0

(1 hr, 28 mle

i I
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Table 16. (Cont'd)

Channel Measurement

301 Exciter voltage No. 1

302 Exciter voltage No. 2

303 Canopus sensor cone angle

304 Recorder pressure

305 Solar vane position -t- X

306 Solar vane position -- X

307 Solar vane position "t- Y

308 Solar vane position -- Y

309 CC&S 28-v monitor

400 Synchronization

401

402

403

404

405

406

407

408

409

410

411

412

413

Bay I lemperature

Bay III temperature

Spare

Bay V temperature

Bay VI temperature

414

Bay VII louver position indication

Power regulator assembly temperature

Propulsion N: tank temperature

Solar panel 4A1 front temperature

Canopus sensor temperature

Scan actuator temperature

Absorptivity standard temperature

No. 1

Absorptivity standard temperature

No. 2

Science cover and science cover

Measured range

Parameter

0 to --25 vdc

0 to --15 vdc

47 to 105 °

0 to 40 psia

15 to 55°F

O to 56 v

"1111111"

25to150°F

25to150°F

25to150°F

25 to 150°F

500to600_

25 to 175°F

25tolS0°F

--40to+IdO°F

--50to +150°F

25to200°F

0 to 140°F

130to275°F

500 to 600

Vohage

± 1.5 vdc

,l
Oto3v

_v

Digital

500 to 600 _

identification

415 Standard cell current

416 Radiation resistant cell current

417 Standard cell voltage

418 "IV temperature

419 Ionization Chamber temperature

420 Temperature reference

421 Bay II temperature

0to 100ma

0 to 100 ma

0tolv

--60 to 150°F

--20 to 200°F

m

25 to 150°F

_r

0 to 100 mv

500 to 600

_r

Accuracy
%

l r

5

Time between samples

Data Mode 1

331/3bps 81_bps

420.0 1680.0

i

8 0 3360.0

_f 'r

Data Mode 2

33V3 bps 81/_ bps

5040.0

(1 hr, 28 min

Ir
i 10,080.0

(2 hr, 48 minl

i

i
I

I
I

_r
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Table16. (Cont'd)

Channel Measurement

422 Bay III louver position indication

423 Bay IV temperature

424 Crystal oscillator temperature

425 Bay I louver position indication

426 Bay VII temperature

427 Spare

428 Battery temperature

429 Solar panel 4A5 front temperature

430 Lower ring temperature above

Canopus sensor

431 Upper ring temperature under Sun

sensor

432 Absorptivity standard temperature

No. 3

433 Absorptivity standard temperature

No. 4

434 Upper thermal shield temperature

43,5 Lower thermal shield temperature

436 Recorder temperature

437 Scan platform inertial thermal

subsystem temperature

438 Trapped Radiation Detector temperature

439 Magnetometer temperature

Measured range

Parameter Voltage

500 to 600

25 to 150°F

25 to 150°F

500 to 600 _

25 to 150°F

25 to 150°F

--40 to 160°F

25 to 150°F

25 to 150°F

130 to 275°F

75 to 275°F

70 to 300°F

--300 to 0°F

25 to 150°F

--50 to 150°F

25 to 150°F

--75 to 150°F 1 p

500 to 600

Accuracy
%

Time between samples

Data Mode 1

331/3 bps 81/3 bps

840.0 3360.0

!

i

Data Mode 2

331/3 bps 81/3 bps

2520.0 10,080.0

(2 hr, 48 mln)

_r

issues the necessary command signals to the appropriate

spacecraft subsystems. A description of the DC and QC

commands available is given in Table 17.

The video-storage subsystem has a 5.24 × 10';-bit

storage capacity. It receives data at a bit rate of

10,700 bps from the DAS, and reads out synchronously

with the telemetry subsystem at a bit rate of 81/3 bps.

The video storage subsystem stores on magnetic tape the
bit information produced by the television scan, and

plays back the information through the telemetry sub-

system several days after planetary encounter.

The ranging subsystem is capable of measuring the

Earth-spacecraft range unambiguously to a distance of

10 '_ km. The ground-transmitted signal may be modu-

lated by a long binary wave train known as the range

code. This range code is retransmitted as modulation on

the spacecraft signal. The range code is received at the

ground station, and shifted in time relative to the orig-

inal signal by the round-trip radio propagation time.

Ground measurement of this time shift provides a mea-

surement of spacecraft range.

The frequency of the signal received by the spacecraft

is less than the ground-transmitted frequency due to the

doppler effect, since the spacecraft is receding from

the ground antenna. Similarly, the ground-received signal

is lower in frequency than the spacecraft-transmitted

signal. Ground measurement of this two-way doppler shift

provides a measurement of spacecraft radial velocity.
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Command

DC-I

DC-2

DC-3

DC-4

DC-5

DC-6

DC-7

DC-8

DC-9

DC-10

DC-11

DC-12

DC-13

DC-14

Table 17. Description of ground commands

Description

Transfers the data encoder to Data Mode 1 operation

(all engineering words) as soon as the transfer is

acceptable to the data encoder transfer logic.

Transfers the data encoder to Data Mode 2 operation

(20 engineering words, 40 science words) as soon as

the transfer is acceptable to the data encoder transfer

logic. Applies 2.4-kc power to the cruise science

instruments.

Transfers the data encoder to Data Mode 3 operation

(all science words) as soon as the transfer is acceptable

to the data encoder transfer logic.

Transfers the data encoder to Data Mode 4/1 operation

(TV picture data or engineering data) as soon as the

transfer is acceptable to the data encoder transfer

logic. If TV picture data are available from the tape

recorder, TV data are telemetered; if no TV data are

present, as between TV pictures, then engineering

data are telemetered. Removes 2.4-kc power from the

cruise science instruments.

Transfers the data encoder from one of its two bit rates

(81/3 and 33% bps) to the other. Causes a change

from either one of these bit rates to the other.

Transfers the data encoder from one of its two ADC

pseudonoise generators to the other (A and B).

Causes a change from either one of these to the

other.

Changes radio power amplifiers. The radio subsystem

has an A (TWT) and a B (cavity) power amplifier.

Changes radio exclters. The radio subsystem has an A

and a B exciter.

Turns the spacecraft radio ranging receiver on or off.

Causes the radio subsystem circulator switches to be

conditioned so that the spacecraft transmits via the

hlgh-gain antenna and receives via the low-gain

antenna.

Causes the radio subsystem circulator switches to be

conditioned so that the spacecraft transmits and

receives via the high-gain antenna.

Causes the radio subsystem circulator switches to be

conditioned so that the spacecraft transmits and

receives via the Iow-galn antenna.

Removes the attitude control excitation power from the

CC&S control lines so that the attitude control

functions that are controlled by the CC&S are

disabled. Also prevents the pyrotechnic control

circuitry from firing the motor start and stop squibs.

Reverses the state of all the relays acted upon by a

DC-13 command; therefore, it resets the DC-13

command and reverts the attitude control and pyro-

technic subsystems back to CC&S control.

Command

DC-15

DC-16

DC-17

DC-18

DC-19

DC-20

DC-21

DC-22

DC-23

DC-24

DC-25

Description

Causes the Canopus sensor roll error signal to be applied

to the roll gas-jet electronics at all times, regardless

of whether or not the roll acquisition logic is

satisfied. Also prevents the roll search signal from

being applied to the roll channel and roll acquisition

logic violations from turning on the gyros.

Initiates a narrow angle acquisition signal and thereby

conditions the DAS logic to begin the TV picture-

taking sequence and to transfer the data encoder to

Data Mode 3.

Causes a step change in the Canopus sensor cone angle

by changing the voltage on the deflection plates of

the Canopus sensor's image dissector.

Turns on the gyros (in the inertial mode) and the

Canopus sensor Sun shutter, and turns off the

Canopus sensor. Also turns on the turn command

generator and conditions the attitude control

circuitry for commanded roll turns. Succeeding

commands cause +2.25-deg roll turns.

Serves as the reset for DC-15, DC-18 and DC-20

commands.

Turns off the Canopus sensor, turns on the Canapus

sensor Sun shutter, and inhibits the roll acquisition

logic from turning on the gyros.

Simulates a Canopus-acquisition logic violation, turns

on the gyros, and applies a negative roll search

signal to the roll gas-jet electronics, thereby causing

the spacecraft to roll and search in the negative

direction to acquire a new target. Also causes the

spacecraft to roll and turn --2.25 deg, if preceded

by a DC-18 command.

Changes video storage tape tracks by applying power

to a record head and by gating the output of the

playback amplifiers.

Sets relays in the pyrotechnic subsystem so that the

CC&S commands M-6 and M-7 are routed to the

squibs affotted to the second motor burn.

Removes 400-cps slngle-phase power from the scan

platform drive motor.

Causes 2.4-kc power to be applied to encounter science

loads and the video storage subsystem, and to the

cruise science loads if 2.4-kc power to cruise science

is off. At the same time, it applies 52 vdc from the

booster regulator to the 400-cps single-phase

inverter, which in turn supplies power to the scan-

subsystem drive motor and the video storage sub-

system record motor. It also enables the battery

charger boost mode and causes the pyrotechnic

subsystem to energize the solenoid that releases the

scan platform cover.
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Command Description

DC-26

DC-27

DC-28

DC-29

Table 17. (Cont'd)

Command Description

QCI-1Removes 2.4-kc power from all of the science loads

(video storage 2.4-kc power remains on) and

removes 52-vdc power from the 400-cps single-

phase inverter. It also enables the battery charger

boost mode.

Starts the maneuver sequence by issuing CC&S

command M-1 (turn on the gyros), by applying

power to the CC&S maneuver clock, and by removing

the maneuver clamp and a flip-flop reset signal from

the CC&S maneuver circuitry.

Removes 2.4-kc power from the video storage sub-

system and enables the charge mode of the battery

charger.

Sets relays in the pyrotechnic subsystem so that the

CC&S commands M-6 and M-7 are routed to the

squibs allotted to the first motor burn.

QC 1-2

QC 1-3

Sets the pitch turn polarity and preloads the CC&S

pitch shift register so that, at a counting rate of 1 pps,

the register will ill/ in the required time interval for

the attitude control subsystem to pitch turn the

spacecraft the amount required for a given midcourse

maneuver.

Sets the roll turn polarity and preloads the CC&S roll

shift register so that, at a counting rate of 1 pps, the

register will fill in the required time interval for the

attitude control subsystem to roll turn the spacecraft

the amount required for a given midcourse maneuver.

Preloads the CC&S velocity shift register so that, at a

counting rate of 20 pps, the register will fill in the

time interval necessary for the midcourse motor to

burn in order that the spacecraft can obtain the

required velocity change for a given mldcourse

maneuver.

3. Attitude Control

The attitude control subsystem functions in three dis-
tinct but related modes:

1. Acquisition and cruise mode. In this mode, the

attitude control subsystem is capable of acquiring

and maintaining three-axis stabilization (using the

Sun and Canopus as reference obiects) to a nominal

accuracy of -+-0.5 deg with respect to each axis.

Reacquisition, in the event of loss of acquisition for

any noncatastrophic reason, is automatic.

2. Maneuver mode. In this mode, the attitude control

subsystem, in response to commands from the

CC&S, is capable of pointing the propulsion-

subsystem thrust axis to any desired new orienta-

tion with a 1 _ accuracy of -+-0.5 deg from the
nominal reference attitude and with a drift rate of

less than 0.5 deg/hr. This stability is maintained

during motor burn by use of an autopilot iet-vane

actuation system.

3. Inertial roll mode. In this mode, similar to the acqui-

sition and cruise mode with respect to the pitch

and yaw axes, the attitude control subsystem ac-

cepts an inertial position error signal in the roll

channel, rather than in the Canopus sensor position

error. In this mode, also, roll turn increment com-

mands may be accomplished by ground command.

4. Central Computer and Sequencer

The CC&S provides the following timing, sequencing,

and control of the spacecraft subsystems:

1. A 38.4-kc basic timing waveform for the power

subsystem

2. A timing pulse every 66% hr for the radio sub-

system

3. Initiation of timed events and sequences during

flight for various subsystems

5. Propulsion

The propulsion subsystem has a nominal vacuum

thrust capability of 50 lb. The tankage is sized for a

maximum velocity increment of 80 m/sec to a 600-1b

spacecraft. Velocity increments as small as 0.2 m/sec (to

a 600-1b spacecraft) are possible.

The propulsion subsystem is capable of two starts. The

ignition and thrust termination signals are generated by

the pyrotechnic subsystem upon command from the

CC&S. Jet vanes capable of deflecting the midcourse

motor jet stream provide thrust vector control through

±5 deg.
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6. Pyrotechnics

The spacecraft design employs a number of squib-

actuated devices such as solar panel latches, scan

platform latches, propulsion system valves, and a

solenoid-actuated instrument cover. The pyrotechnic

subsystem accepts commands from the appropriate

sources and provides the energy necessary to fire the

proper squibs and to activate the solenoid. The subsys-

tem is armed at spacecraft separation so that an inad-

vertent or spurious command prior to that time cannot

cause a premature squib firing.

7. Temperature Control

The four major variables affecting temperature of

spacecraft components are incident solar radiation, elec-

trical power expenditure, thermal transfer between com-

ponents, and thermal radiation from the spacecraft into

space. The temperature control subsystem is comprised

of all devices and treatments employed to maintain tem-

peratures within specified bounds.

The principal active temperature control devices are
six variable-emittance louver assemblies mounted on six

of the electronic assemblies. Passive devices include re-

movable multilayer blankets shielding the top and bot-

tom of the spacecraft octagon, polished aluminum shields
on electronic assemblies, and numerous other shields cov-

ering spacecraft exterior surfaces. Surface treatments

having particular thermal properties are also used ex-

tensively on spacecraft components.

8. Structure

The spacecraft primary structure is the octagonal elec-

tronic compartment. Seven compartment bays support

electronic assemblies and the eighth bay supports the

postinjection propulsion system.

Principal structures attaching to the primary structures
are:

1. Six electronic assembly chassis, each containing a
number of modular electronic subchassis. One as-

sembly attaches to each of six bays.

2. The electronic assembly chassis containing the

spacecraft battery and a portion of the power sub-

system electronics.

3. The postinjection propulsion system motor support.

4. Four solar panels supporting solar cells furnishing

spacecraft power.

5. The high-gain antenna support.

6. The low-gain antenna support.

7. The ring harness trough.

8. The scanning platform supporting planet-oriented
science.

9. Supports for scientific instruments and engineering
devices.

10. The spacecraft adapter, the transitional structure

placed between the Agena stage and the spacecraft

primary octagonal structure.

9. Science

The science payload consists of equipment implement-

ing each of seven science experiments, and additional

equipment to control and support the science equipment.

a. Science experiment equipment. The television

equipment provides for topographic reconnaissance of

part of the surface of Mars. It is comprised of a
Cassegrain telescope, vidicon tube, and associated
electronics.

The Helium Magnetometer equipment is designed to

measure magnetic field strength in three orthogonal

axes. It consists of a sensor containing a plasma of helium
atoms, and associated electronics that contain servo am-

plifiers driving coils surrounding the plasma.

The Ionization Chamber and particle flux detector

detect and measure the omnidirectional flux of corpus-

cular radiation in space and in the vicinity of Mars.

Ionization produced by this flux is also measured. Equip-

ment components are: an ionization chamber containing

argon gas, a Geiger-Mfiller counter, and associated
electronics.

The Cosmic Dust Detector makes direct measure-

ments of dust particle momentum and mass distribution,

particularly in regions encountered having unusually

high numbers of such particles. Penetration detectors,

acoustic detectors, and associated electronics comprise

the cosmic dust equipment.

A Cosmic Ray Telescope, consisting of three gold

silicon solid-state detectors and an electronic logic sec-

tion, measures certain charged particles approaching

the instrument within a conical acceptance zone.
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Such magnetically trapped particles as exist in the

vicinity of Mars are measured for distribution, energy and
identity by the Trapped Radiation Detector_ which con-

sists of three Geiger-Miiller detectors, a silicon surface-

barrier detector, and electronic discriminators and

amplifiers.

The Solar Plasma Probe (by means of a collector cup,

high-voltage power supply, and output circuitry)mea-

sures the density, velocities, temperatures, and direction

of movement of low-energy protons streaming outward
from the Sun.

b. Control and support equipment. The science data

automation subsystem accepts data presented in diverse

formats and rates from the experimental equipment and
converts the data to a form suitable for transmission

from the spacecraft to Earth, controlling, sequencing,

sampling, buffering, and encoding as necessary in the

performance of its task. The output of the television
equipment is converted to a form suitable for the video

storage subsystem magnetic tape recorder.

A planetary scan platform is provided for the tele-

vision camera. It has the ability to find and hold the

correct camera attitude as the spacecraft passes by the
planet. The scan platform first scans back and forth

about the spacecraft roll axis and, when Mars enters

the scan optical sensor field of view, ceases scan and
tracks Mars in the same lateral direction.

A narrow angle Mars gate detects the sufficient

advance of Mars, relative to the spacecraft, inhibiting

further tracking by the scan platform. Thus, locked in

position, the television equipment begins the sequence
of pictures to be stored and then transmitted back to
Earth.

B. Spacecraft Mechanical Configuration

The primary objective of the spacecraft configuration

was to minimize nonelectronie weight within a total

spacecraft weight of 570 lb. This was accomplished by

(1) structurally integrating the electronic packaging

design into the basic spacecraft structure, (2) minimizing

the number of articulated or deployed elements, and

(3) attaching the spacecraft to the Agena in a direct

manner. Layouts of various sizes and shapes were made

of the spacecraft main electronic compartments. These

schemes ranged from cylindrical shapes, with subchassis

attached directly to the exterior of the cylinder, to more

complex shapes, with the subchassis clustered in elec-
tronic assemblies, which were mounted as units to the

primary structure. During preliminary design, a wide
range of configurations was considered that culminated

in three basically different shapes: cruciform, square, and

octagon. The octagon was chosen primarily because it

represented a minimum departure from existing JPL

technology yet ensured minimum mechanical weight.

Once the octagon was chosen, it was decided to inves-
tigate further whether the electronic subchassis should

be stacked vertically, as in Ranger and Mariner Venus,

or in two horizontal rows, with case interconnections

along the horizontal center line of each case. Differences

between the advantages and disadvantages of these hvo
approaches were small and, in some cases, debatable.

The vertical module arrangement was chosen because it

presented a simpler structural interface (ease of assem-

bly and maintenance of alignment) and appeared easier

to cable. This choice was in keeping with the philosophy

of making a minimum change from Mariner Venus or

from existing JPL technology. The final flight spacecraft

mechanical configuration is shown in Fig. 29.

1. The Octagon

The spacecraft primary electronic compartment con-

sists of an octagonal structure approximately 18 in. high

and 54.5 in. across the points. Seven bays contain space-

craft electronics. Six of these bays are standard chassis
containing standard 6 × 6-in. subchassis as well as

some special subchassis. The seventh bay houses the

battery on its inboard mounting plane and the power

regulator assembly on the outboard mounting surface.
Each electronic assembly is secured to the basic struc-

ture by screws on the inboard and outboard mounting

surfaces as well as through both the top and bottom

rings. In this way, the electronic packaging structure

carries part of the basic structure loads. The eighth
bay of the octagon structure contains the midcourse

propulsion system.

2. Propulsion System

The propulsion system is mounted in a bay between

solar panels to minimize exhaust impingement on the

panels during motor firing. This unit is attached to the

inboard plane of the bay, with the thrust axis approxi-

lnately normal to the spacecraft roll axis (Z axis). The

propulsion system mounting/adapting structure was

machined after the spacecraft CG was determined so

that the thrust axis would be pointed through the CG
with a minimum error.
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3. Attitude Control Gas System

The attitude control gas system is located on a sec-

ondary structure internal to the octagon. Since the gas

system dissipates very little electrical power and

requires relatively close control of temperature, enclosing

it in the temperature-controlled volume slaves its tem-

perature to that of the octagon.

The attitude control gas system consists of two half

systems, either of which is sufficient for controlling the

spacecraft should the other fail. Each half system is

mechanically interchangeable with the other. A half

system consists of a spherical storage pressure vessel

9 in. in diameter and containing 2.50 lb of nitrogen.

The storage vessel is mounted on an equipment plate

that also holds the regulator, plumbing, and other gas-

system equipment. From the equipment plate, low-

pressure plumbing is routed through the spacecraft

internal structure to an X-axis and a Y-axis solar panel.

The plumbing is then routed through a length of flexible

tubing across the solar panel hinge line, along a solar

panel spar, to a manifold and jets at the center of each

solar panel tip. Each X-axis manifold has four jets to

give positive and negative yaw and roll control, and

each Y-axis manifold has two jets for pitch control. The

roll jets are canted at a 21-deg angle to the plane

of the panel end beam to minimize jet exhaust impinge-

ment on the beam surface. The gas jets are located at

the solar panel tips to maximize the reaction force
moment.

4. Solar Pressure Vane System

The solar pressure vane auxiliary attitude control

subsystem is also located at the tip of the solar panels.

Each assembly is attached to a gas-jet manifold. During

the boost portion of flight, the vane was folded, stowed,

and latched along the back of the solar panel. After

spacecraft separation and after the solar panels were

unlatched, the vane latch was released by a lanyard

attached to the top of the octagon. Springs then erected

the vane to a 35-deg angle to the plane of the panel and

deployed the vane to provide 7 ft'-' of reflecting surface.

The inboard vane edge is tapered away from the end

of the panel to avoid impingement due to gas-jet exhaust.

Once erected and deployed, the vanes are driven by

an actuator linked electrically to the gas-jet system. A
bimetallic strip in series with the electrical actuator

senses a thermal input from sunlight to provide damping

to the spacecraft motion through the vanes.

5. Solar Panels

The primary source of spacecraft power is derived

from photovoltaic cells mounted on panels that are

normal to the Sun's rays during the cruise portion of

flight. Due to spacecraft power requirements, a solar

panel area of 70 ft'-' was required. This area was pro-

vided by four rectangular panels. A rectangular shape

was chosen because it could be used efficiently for

mounting rectangular-shaped solar cells. The four panels

were attached to the top of the octagon at Bays I, III, V,

and VII. Each panel was 71.4 × 35.5 in. and was

mechanically and electrically interchangeable with any

other panel. Each panel was attached to the octagon at

two points through a clevis, close tolerance bolt, mono-

ball joint. During boost, the panels were folded to a

near-vertical position above the spacecraft to comply

with shroud clearance requirements. The panel tips were

inclined inboard 0.6 in. beyond the vertical to allow

adequate shroud clearance during both boost and shroud

jettison.

During flight, at a fixed time after separation of the

spacecraft from the Agena, the panels were separated

from their damper supports by means of pyrotechnically

actuated pinpullers located at the interface of the

damper and the solar panel bracket. The panels were

then deployed approximately 90 deg to a plane normal

to the Sun's rays after Sun stabilization. Panel deploy-

ment was accomplished by torsion-spring actuators

located at the hinge point on one spar on each panel.

Upon reaching the deployed position, the panels

engaged a latch between the cruise damper located on

the front of the panel bay and the base of the panel spar.

The cruise damper functioned as a positive latch to

locate the panel and absorb its deployment energy and

to isolate panel vibrations from the guidance autopilot

during firing of the midcourse propulsion subsystem.

6. Attitude Reference Sensors

Once the solar panels were fully deployed, an essen-

tially unrestricted field of view was provided for the

Sun sensors located atop pedestals on Bays II and VI.

These sensors provided error signals to the attitude

control subsystem, thereby permitting the spacecraft to

find and lock onto the Sun. The primary Sun sensors are

mounted on pedestals to provide minimum interference

with their fields of view from the high-gain antenna,

the solar panel dampers, the pinpullers and cabling, the

solar panels, and the brackets. Since the Sun sensors
are most sensitive in their zenith direction, the panel
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dampers, pinpullers, and wiring, located above the sen-

sors, are kept toward the spacecraft center line and

beyond the sensor view. However, the solar panel sup-

port brackets protrude slightly into their view after

panel deployment.

The remainder of the Sun sensor subsystem consists

of secondary sensors on the bottom of the spacecraft

and a Sun gate mounted on the Bay II pedestal. The

secondary Sun sensors are located to provide a hemi-

spherical view on the aft end of the spacecraft, and, in

conjunction with the primaries, allow 4 = sterad cover-

age. The Sun gate is a narrow angle (±3 deg half-

angle cone) Sun sensor that informs the attitude control

logic when the Sun is within its field of view (acquired),

and automatically initiates a reacquisition sequence

should the Sun pass from its view. The Sun gate is

mounted near the Bay II Sun sensor for ease of align-

ment and to minimize cable complexity.

The remainder of the attitude reference subsystem

consists of a Canopus star sensor mortared at the base

of Bay VIII and an Earth detector mounted on the side

of the Bay VI Sun sensor pedestal. The star sensor iden-

tifies the star Canopus and uses it as a spacecraft roll
reference. The Earth detector is used to confirm that

the star sensor has found Canopns. Early in flight, when

the sensor is locked on Canopus, the Earth detector

senses light from Earth. The Canopus sensor is located

at the bottom of the spacecraft to minimize Sun ilhnni-

nation on it. It is mounted under Bay VIII to provide

an optimum field of view between the panels near the

attitude control electronic assembly on Case VII.

7. Antennas

The radio-antenna std)system is comprised of a low-

gain antenna and a high-gain antenna. The low-gain
antenna is a 4-in. diameter, thin-wall almninum tube

mounted on top of the spacecraft and aligned parallel

to the roll axis. The tube performs both as a waveguide

and an antenna support structure. The top of the tube is

crimped in a cruciform shape and holds a 7-in. diameter

ground plane to control the antenna pattern The an-

tenna radiates directly from the cruciform aperture.

The tube is attached at its base to the top of the octagon

and supported at approximately 1/4 its length by two

damped struts positioned approximately 90 deg to one
another. One damper runs from the antemm to a corner

of the octagon; the other runs from the antenna to the top
ring on the superstructure. The dampers used here are

similar to those used for solar panel support and were

used for the same reasons; that is, to reduce dynamic

loading and to, thereby, minimize weight. The low-gain

antenna was designed to be 88 in. long, so that in the

boost configuration it would be 1 ft above the tips of

the stowed solar panels and thereby present an accept-

able antenna pattern. It is located as near the spacecraft

roll axis as practical to enhance roll symmetry for the

antenna pattern.

The high-gain antenna is a parabolieally contoured

dish elliptical in plan form with a 46-in. major diameter
and a 21-in. minor diameter. The dish is attached through

a support truss to the spacecraft superstructure at three

points. The support truss holds the antenna at a fixed

38-deg angle to the spacecraft roll axis. The super-

structure mounting-hole pattern fixes the antenna at

a 259-dog angle, measured in the spacecraft X-Y plane,

from the optical axis of the Canopus sensor. In this way,

the antenna is fixed to point at Earth when the space-

craft arrives at Mars. The elliptical antenna configura-

tion shapes the beam to provide communications

significantly before and after the Earth passes over the

point of maximum antenna gain. The high-gain antenna

support configuration nests the dish among the panels,

dampers, and other components to allow adequate
clearance with a mininmm of structural weight.

8. Science

The spacecraft science subsystem consists of cruise

phase science experiments mounted about the spacecraft,

and planet science mounted on a scan platform at the

bottom center of the spacecraft. These experiments are

located to satisfy their field-of-view requirements with-

out significantly compromising other spacecraft snb-

systems. The Magnetometer is located near the top of

the h)w-gain antenna waveguide to separate it from the

main mass of the spacecraft but far enough from the

antenna top to prevent interference with the antenna

pattern. The Ionization Chamber experiment is located

on the waveguide to provide nmximum field of view,

since it is spherically sensitive, but without significantly

affecting the high-gain antenna pattern or Magnetometer
nwasurements. The remainder of the cruise instruments

are located to satisfy their individual requirements.

The planet science experiments originally consisted
of a television and an infrared spectrometer experiment.

The Ill device was later exchanged for an ultraviolet

photometer, which was ultimately replaced by an iner-

tial thermal sinmlator. The final planet package consisted

of the TV, the simulator, and two planet sensors ( a wide

angle acquisition sensor for finding the planet and a

narrow angle Mars gate to initiate the data-recording

82



JPL TECHNICAL REPORT NO. 32-740

sequence). These instruments are mounted on the scan

platform at a 120-deg angle to the spacecraft -Z axis

to optimize visual lighting conditions at the planet. The
platform is driven by a scan actuator mounted on the

top of the octagon through a tube running along the

center of the spacecraft to the platform. The actuator

is capable of scanning the platform through a 180-deg
roll angle.

9. Temperature Control

The temperature control subsystem covers the entire

spacecraft. The configuration is shaped to minimize

thermal problems by providing: (1) a primary electronic

compartment shielded from the Sun, (2) primary radiat-
ing surfaces to which louvers could be attached to handle

power fluctuations (enclosing temperature-critical items

within the electronic compartment where possible), and

(3) a relatively thermally clean exterior (i.e., a minimum

of protrusions and reentrant corners). Temperature con-

trol is accomplished by passive means (coatings and

shields) where feasible, with louvers provided on six bays

to handle internal power fluctuations as well as analyti-
cal and test uncertainties. Flexible thermal shield blan-

kets cover the top and bottom of the spacecraft, and

rigid aluminum shields cover the remaining sides of the

octagon structure not housing louvers.

10. Adapter Interface

The spacecraft attached to the Agena through a coni-

cal transition section (adapter) mounted on the top of

the Agena forward equipment rack. The spacecraft

mated with the adapter through feet at the eight corners

of the octagon, and it was secured by shoes that

mated the adapter and the spacecraft feet in a V-shaped

groove. The eight shoes were secured by a V-band run-
ning around the eight corners with sufficient tension to

provide a radial force and keep the spacecraft and

adapter mated. The V-band was separated in flight by

two explosive devices at opposite sides of the vehicle.

(Either device would have been adequate to free the

V-band and thereby remove the shoes and allow separa-

tion.) The spacecraft was then ejected by four springs

located at alternate corners of the spacecraft in the
adapter.

C. System Reliability Considerations

The mission objectives imposed very severe require-

ments on the Mariner Mars 1964 spacecraft design.

Energy requirements dictated that the weight be mini-

mal, yet the mission duration of 220 to 275 days to

encounter and the 150 million mile communication

distance necessitated high performance and extreme reli-

ability. A design philosophy had to be developed that

would allow the optimization of all three design parame-

ters: weight (and therefore trajectory capability), perfor-

mance, and reliability. The difficult parameters (weight

and performance)were relatively inflexible, and the

problem became one of providing extreme reliability

without a corresponding cost in weight and performance.

The most straightforward method of increasing

reliability was to institute a particularly rigid program

of quality assurance. This type of reliability increase was

attained by (1) designing adequate performance margins,

(2) instituting parts qualification and selection programs,

(3) carrying out extensive inspection procedures at both

the parts manufacture and subsystem assembly levels,

and (4) submitting the assembled flight items to well

designed prototype and flight qualification testing.

Examination of the mission objectives clearly indicated

that although the quality-assurance type of reliability
increase was certainly necessary, it would not be suffi-

cient. For example, if the spacecraft had 30,000 electrical

components, each with a mean time between failures

of 100 million hours, the probability that at least one

component failure would occur by the end of 6000 hr

of operation was 0.84. The spacecraft design had to

enable proper operation in spite of failures as well as

without them. The failure of a critical component could

not only result in the loss of a single function, but could

also induce such nonstandard operating conditions that

other components would be overstressed and failures

would propagate throughout the system.

Under these constraints, the only practical way to

provide the required system reliability was through the

use of redundancy, either by paralleling two or more

physically identical systems or by paralleling two or more

functionally identical but physically different systems.

Block redundancy, the paralleling of two identical units,

would protect against loss of function as the result of

random failures. If one unit failed, the other would

continue to operate independently. If the failure was

causal, however (such as a design failure or an overstress

due to some external perturbation), both units would be

likely to experience the same failure. Functional redun-

dancy, the paralleling of physically different but func-

tionally identical subsystems, offered greater protection

against causal failures, but also, in many cases, could be

designed into the system at relatively low cost in terms

of weight, volume, power, and complexity. The prime
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objective in using functional redundancy was to provide

at least two separate and independent paths by which

a critical operation could be performed. This type of

redundancy, for example, is found in the deployment

scheme for the protective cover on the scan and tele-

vision optics. The primary path for deployment of the

cover involves operating a solenoid to unlatch the cover,

then allowing the spring-loaded cover to drop. As a

secondary path, a lanyard is connected to the cover so

that motion of the scan platform will unlatch the cover.

The primary path, then, depends upon the correct opera-

tion of the pyrotechnic control assemblies and the

solenoid, while the secondary path depends upon struc-

tural integrity and proper operation of the scan platform

actuator. The paths are separate and independent, with

the result that no noncatastrophic failure can be postu-
lated that will fail both paths, short of two failures in
the cover itself.

It would have been possible to include a redundant

CC&S in the spacecraft design, but any advantages

would have been outweighed by the bulk of the redun-

dant unit, the complexity of an onboard failure detection

network, and the operational inflexibility of such a

system. A much simpler and more direct method of

increasing the reliability of onboard switching functions

was to increase the capability of the already existing

command subsystem to provide backup command capa-

bility. Again, a set of separate and independent paths

was provided for critical functions. (The value of this

approach was well proven during the encounter of the

planet Venus by Mariner IL)

Certain types of subsystems, however, lent themselves

better to block redundancy than to any other technique.

Subsystems whose design was well understood and

tested, and whose probable failure modes involved com-

ponent failures and/or perturbations almost entirely

random in nature were prime candidates for block redun-

dancy. Thus, two completely independent nitrogen gas
systems were used for attitude stabilization. Provided

that the flight equipment was well enough controlled

during manufacture, assembly, and testing to preclude

any severe weaknesses or manufacturing flaws, two

probable failure modes would be (1) loss of gas pressure

due to randomly occurring meteoroid punctures, and

(2) loss of pressure and function due to randomly occur-
ring stuck gas valves. In the former case, the redundant

half gas system would continue to operate indepen-

dently. Appropriate sizing of the quantity of gas carried
would allow normal attitude stabilization for the balance

of the mission. In the latter case, the redundancy of gas

valves between the two half systems would permit

normal operation if a valve failed closed; if it failed

open there would be two opposing valves to counteract

it: one in its own half system and one in the redundant

half system. If the gas load were sized properly, then,

after all of the gas in the failed half system was

expended, enough would remain in the redundant half

system to allow the completion of the mission.

Block redundancy is used in a number of other areas

in the spacecraft. Two pyrotechnic control assemblies

are used in parallel, each operating its own pyrotechnic

devices or, at least, separate burn wires in the same

device. The pyrotechnic half systems operate simul-

taneously and independently, and each is sufficient for

all pyrotechnic functions through the end of midcourse
maneuver.

In a number of areas in which simultaneous operation

of redundant units is not permissible, time-sharing re-

dundant elements are used, and are switched on and off

line either by onboard failure-sensing devices or by

ground command. Two RF power amplifiers are used

in the radio subsystem. The power output from the

on-line amplifier is continuously monitored in a control

unit on the spacecraft. Should the power output become

degraded, the next 66Z/a-hr cyclic pulses issued by the
CC&S would cause the control unit to switch the

degraded power amplifier and its associated power

supply off line and switch on the redundant amplifier

and power supply. Switching may also be accomplished

by ground command (an example of the integrated use
of block and functional redundancy to produce the

highest possihle system reliahility). This method is also

used with the radio subsystem's dual RF exciters.

The spacecraft power subsystem uses redundancy

techniques in two areas at the system level: power

boosting and regulation, and timing. The spacecraft has

two separate power booster/regulators, one primarily
for fixed loads and the other for varying and intermittent

loads. This permits the fixed-load (main) booster to be

sized for peak efficiency during the power-critical period
at encounter. Efficiency is not of prime consideration

for the intermittent (maneuver) booster, since its duty

cycle is extremely low and, normally, it will not operate

for extended periods near encounter. Therefore, it was

sized to have the capahility of assmning all of the space-
craft loads in the event of a main booster failure. A failure

detection circuit, which senses an overvoltage or under-

voltage condition, operates the switching network that
removes the main booster and inserts the maneuver
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booster. A redundant timing system is also provided for

the frequency control of the 2.4-kc and 400-cps power.
Primary timing is derived from the CC&S; should this

path fail, there is a backup oscillator in the power subsys-

tem capable of assuming the timing function. A second

backup is provided through the design of the inverters,

which have a natural frequency approximately equal to

the nominal clock frequency, so that near-normal oper-

ation may be maintained in the absence of any external
synchronization.

Finally, two units are provided in the data encoder

for the conversion of analog data to a digital format

and for the generation of the pseudonoise code. Switch-

ing between units is accomplished by ground command.

Table 18. Summary of

Item

RF power

amplifiers

RF exclters

Pyrotechnics

assemblies

PAS

Attitude control

gas system

Power booster

regulator

Type of

redundancy

Block

Block

Block

Block

Block

Block

Description

Two complete power amplifiers

plus associated power supplies

switchable either by internal

logic or by ground command.

Only one operates at any time.

Two identical exclters switchable

either by internal logic or by

ground command. Only one

operates at any time.

Two identical half systems, both

on line continuously after

sepa ration.

Two separation-actlvated

switches: pyrotechnic arming

switch, and separation initiated

timer. Either one can power

both pyrotechnic half systems.

Two half systems and pressure

bottles. Both operate continu-

ously after attitude control

turn-on.

Failure sensing circuit that detects

over/under voltage condition

at main booster output. Switches

maneuver booster on and main

booster off.

In many cases, the gain in system reliability appears

small compared with the costs imposed upon the system.

This is not true, however, if the function is so critical that

a small degradation, let alone a catastrophic failure, is

sufficient to impair the opportunity for any attainment

of the mission objectives, as would be the case with the

communications transponder. At the very minimum, a

downlink RF signal must be maintained that is suffi-
ciently above threshold to be stable. Attitude stabiliza-

tion is critical because proper pointing of the directional

antenna is dependent upon the correct orientation of

the spacecraft in all three axes. Communications from

the spacecraft may be lost if a degradation occurs in

the power subsystem's capability to regulate voltage or
control frequency. Such a degradation can be translated

system redundancy

Item Type of
redundancy Description

BlockPower frequency

control

Analog to digital

converter and

pseudonoise

code generator

Cruise science

control relay

Science cover drop

End of TV record

sequence

Spacecraft cruise

and encounter

events

Midcourse trajec-

tory correction

Block

Functional

Functional

Functional

Functional

Block

Primary control is a 38.4-kc

synchronization signal from

the CC&S. In the absence of

this signal, synchronization is

derived from an oscillator

internal to power, or the

inverters will free-run at

approximately 2.4 kc.

Two identical units switchable

by ground command. Only

one operating at any time.

Either separation or ground com-

mand DC-2 controls the pri-

mary cruise science power sup-

ply relay. A secondary relay

is driven by CC&S MT-7 or

ground commend DC-25 to

ensure cruise science on

during encounter.

Primary control is solenoid-

actuated via the pyrotechnic

assembly. The backup system

is a lanyard.

Primary control is second end-

of-tape signal. Secondary con-

trol is inhibition of start record

commands after 11 non-real-

time science frames.

CC&S events are primary. Backup

control is via ground command.

Duplicate pyrotechnic actuated

valves provide the capability

for two midcourse maneuvers.
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directly into an inability of the Canopus sensor to pro-
vide control about the roll axis.

A brief summary of items to which system redun-

dancy was applied is presented in Table 18. The items
listed are those for which two or more redundant units

of hardware were included in the design using either

the block or functional approach to system redundancy.
In each case, either of the redundant items can be used

to perform a nominal mission.

D. Alternate Modes of Operation

Apart from the general spacecraft reliability consider-

ations are a number of problems involving (1) degraded
operation, given failures or abnormal environments;

(2) operational flexibility; and (3) design and operational

procedures for time-eritical functions. The approach to

these prol)lems was to create or exploit some alternate

mode of spacecraft operation. Generally, for each func-
tion considered, one or more alternates have been

available with a minimum of design perturbation

required. Alternate modes of operation permit the
spacecraft to continue operating, even with failures or

abnormal environments, and if the modes can be selected

by ground command, operational flexibility is afforded.

The alternate mode approach has also proved especially
valuable in the treatment of time-critical functions.

The phases of the mission that lent themselves best

to an alternate mode design approach were the space-

craft/Agena separation and the initial Sun acquisition.

These phases covered the period in which the spacecraft

had to make the transition from the ascent configuration

to cruise configuration. During the ascent, two environ-

mental factors (the high vibrational loadings and the

passage through the critical pressure region)imposed

severe constraints on the spacecraft configuration. As

a result, spacecraft structures were clamped to prevent

damage, no high-voltage circuits were to operate, no

power was to be applied to the pyrotechnics subsystem,

magnetic latching relays were to be either electrically

held or designed to reset at power application, and the

video-storage tape drive was to run to prevent possible
tape spillage. All of these conditions had to attain a nor-

real cruise state between separation and initial star acqui-

sition. Since separation from the Agena was a positive

action mandatory for proper functioning of the spacecraft,

most of the events that had to take place after injection
were initiated by separation, that is, by the removal of

electrical shorts across the Agena separation connector;

or by the activation of spring-loaded pressure switches

located at the separation interface. The CC&S relay hold

function, the tape-drive power, and the "RF power up"
and "cruise science on" commands were all mechanized

with shorting plugs across the separation connector. In

each ease, power was supplied through the separation

connector to operate circuitry that held its user in the

launch state. Upon removal of this power, the user re-

verted to its normal cruise state. Of eourse, failure of the

separation connector or associated cabling was possible;

short circuits could occur internal to the spacecraft, for

example. In such a ease, it was necessary to find some

alternate means to return the user subsystems to a
cruise state.

The maneuver booster power supply is normally

turned off for all bnt a few periods during the mission,

one of which is the launch phase. By supplying power

from the maneuver booster to hold the user subsystems

in the launch condition, a secondary method of initiating

cruise mode was established. In two of the cases (drive

to the tape recorder and cruise science on) the sec-

ondary method was a true functional redundancy, since

neither of these conditions was affe('ted by maneuver

booster operation after it was once turned off. The
"cruise science on" command was not affected because

the command is unidirectional; i.e., although cruise

science would be turned on every time the maneuver

booster cycled (in the event of a separation connector

failure), there was no means of turning cruise science

off by the same path. For the drive to the tape recorder,

the circuit can remove itself from operation once it has

functioned. In the other two eases-t/F power np and

the relay hold circuit-this secondary method was an

alternate operating mode in which the spacecraft was

capable of somewhat degraded performance. The 1RF

power would stay high when the maneuver booster wa_

on if the short circuit was to spacecraft ground-th(

only degradation being an additional 1 w of powe:
drawn from the maneuver booster. If the short wa:

across the separation connector, however, 1RF powe_

would cycle up and down as the maneuver boostel

turned on and off. As a result, telemetry would be los

each time the gyros were turned on in this mode. How

ever, the RF radiated power returns to normal eacl

time the gyros are turned off again. In the ease of th(

CC&S relay hold circuit, all of the relays are reset eacl

time the gyros come on, and none of them can be se

until the gyros go off again. The primary degradatiol

to spacecraft performance that results from this schenl

is the loss of any capability to perform a trajector
correction.
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A number of other examples of alternate operating

modes exist, principally at the subsystem rather than at

the system level. Foremost among these is the attitude

control subsystem, in which a variety of stabilization

modes are available either as automatic backups or upon
ground command.

Figures 30 and 31 show some of the automatic backup

functions on board the spacecraft, the alternate modes

of operation available, and the command decisions and

command sequences required for each.

Table 19 summarizes the major operational switching

points associated with either the functional redundancy

or alternate mode design approach. In general, the
functions included are limited to those for which an

option may be exercised by the flight operations per-

sonnel during the mission. Insofar as possible, the

options have been listed in order of descending desira-

bility and/or probability of use.

E. Spacecraft Weight Control

A weight control program was put into effect so that

all rigid-body mass parameters and consistent weight

data would be provided from one official source. The

general philosophy during the course of the program

was to produce the lightest practicable spacecraft. A
weight goal of 570 lb was established, with no contin-

gency allowances. No "'padding" was included in any
weight figure.

The weight control function included:

1. Derivation, both computationally and experimen-

tally, of rigid-body mass parameters characterized

by weight, CG, moments of inertia, and products
of inertia

2. Acquisition and compilation of data required for

weight distributions in accordance with stipulated

requirements for structural and dynamic analysis.

3. Maintenance of records of current weight status

reflecting improved knowledge of design and

development progress

4. Preparation of periodic weight status reports

5. Acquisition of actual weights, CG, and centroidal

moments of inertia for system components or sub-

systems

6. Generation and maintenance of records of actual

weight data paralleling those for calculated or

estimated weight data

7. Analysis of weight status and presentation of rele-

vant design recommendations

Accumulation of data relative to spacecraft weight,

CG, moments of inertia, and products of inertia began

concurrently with preliminary design. The best estimates

of weight and configuration were obtained, and were

then reviewed and modified for consistency with the

design goal. A justification allowance weight was allo-

cated as a weight margin to cover expected discrepancies

between the sum of the weights of the individual space-

craft subassemblies and the total weight of the assembled

spacecraft. The revised estimates were reviewed to

ensure the inclusion of weight for mounting hardware,

wiring, and related structures.

Actual weights of spacecraft hardware were initially ob-

tained as the prototypes were constructed and weighed.

Discrepancies between the actual weight and the

estimated or calculated weight were investigated and

resolved. As the flight hardware was completed, the

actual weights were obtained, and any discrepancies
encountered were reconciled. A careful account of

attachment hardware weight utilization was maintained

to prevent double entry errors from occurring. Space-

craft assemblies were weighed, and CG and moments

of inertia were experimentally determined. Each space-

craft was reweighed at Cape Kennedy just prior to
launch.

The weight control program provided weight reports

in a variety of formats, using sequencing codes for sub-

system, assembly, design responsibility, effectivity, and
actual, calculated, and estimated weights. Each report

total was further subdivided into actual weight, calcu-

lated weight, and estimated weight. When modifications

were made, the corrections were key-punched on cards,

which were then used to modify the magnetic tape upon
which the data was stored.

Each spacecraft was carried in the program as a

separate entity, and actual weight variations between

serial-numbered components assigned to specific space-

craft were reflected in the current weight report.

In addition to monitoring current weights, another

computer program was used that provided moments of

inertia, products of inertia, CG, and inverse J-matrix

as a function of current weight changes. The program

also provided true-length distances from each compo-

nent to the Magnetometer sensor.
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Table 19. Operational flexibility

Function

Cruise science on

RF power up

Design

approach/remarks

VSS launch mode

off

CC&S relay hold

off

Solar panel

deployment

Attitude control

on

Canopus sensor

on

Switch data rates

Functionally redun-

dant with an al-

ternate mode of

operation at

encounter

Alternate mode

Alternate mode

Alternate mode

Functionally re-

dundant

Functionally redun-

dant. Turns on

Sun sensors and

switching am-

plifiers

Functionally re-

dundant

Functionally re-

dundant

Options Function

Power switched on at sepa-

ration when holding current

removed from power sub-

system relay.

DC-2, which also switches

encoder to Data Mode 2.

Alternate power route acti-

vated at turn-on of encoun-

ter science (DC-25 or CC&S

MT-7).

Prior to separation, primary

mode may be exercised by

turning off gyros.

Removal of separation con-

nector releases holding

circuit.

Turn-off of gyros releases

holding circuit. Power

up/down will cycle with

gyros.

Removal of separation con-

nector activates count one

end of tape and stop logic.

Gyro turn-off removes tape

drive power.

Removal of separation con-

nector interrupts holding

current.

Gyros off turns off holding

current. Relays will reset if

gyros are turned on again.

Separation initiated timer

CC&S L-1 event.

Pyrotechnic arming switch.

CC&S L-2 event.

DC-13, which also turns on

Canopus sensor and sets

maneuver inhibit logic.

CC&S L-3, which also turns

on solar vane electronics.

DC-13, which also turns on

attitude control and sets

maneuver inhibit logic.

CC&S MT-6 switches to

81/s bps.

DC-5 switches bit rates

(toggle).

Canopus cone-

angle update

Antenna switching

Roll control

Design

approach/remarks

Functionally re-

dundant

Functionally redun-

dant plus alter-

nate mode. The

initial state of

the system de-

termines the re-

action to any

switching input

Alternate mode

Options

CC&S MT-1, MT-2, MT-3,

and MT-4.

DC-17.

CC&S MT-5 switches to trans-

mit via high-gain antenna

and enables CY-1 logic.

DC-10 switches to transmit

via high-gain antenna and

to receive via low-gain

antenna.

DC-11 switches to transmit

and receive via high-galn

antenna.

DC-12 switches to transmit

and receive via low-gain

antenna.

Gyros on switches to receive

via low.gain antenna.

Two consecutive CY-1 cycllcs

with receiver out of lock

will switch receiver to oth-

er antenna. Each subsequent

consecutive CY-I with

receiver out of lock will

switch receiver.

Normally initiated at L-3 or

DC-13. Canopus sensor on

with brightness gates in ef-

fect. This mode may be re-

stored after use of an alter-

nate by DC-19.

DC-15. Canopus sensor on,

brightness gates removed

from circuit. Canopus sen-

sor will track any detectable

light source. Gyros disabled

DC-18. Inertial roll control.

Canopus sensor off, gyros

on. Pitch and yaw gyros in

rate mode, Sun sensors

unaffected.

DC-20. No roll control.

Canopus sensor off, gyros

off.

Rate mode, prior to Sun gate

only. Gyros on in rate mode

Magnetometer calibrate roll

mode; subsequent to Sun

gate, prior to L-3/DC-13

only.
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• NORMAL _ ACQUISITION AT L-3

I ROLL DRIFT UNTIL REVC_ED

• P_TE ROLL CONTROL UNTIL L- 3

i If_TIAL RQJ. CONTROL
(NO STAR ACQUISITION P(_SIBLE)

• ROLL DRIFT
(NO STAR AOQuISrr}ON F_-_SIGLE)

INERTIAL ROLL CONTROL UNTIL REVOKED
(LESS THAN 22 TV PICTURIES)

- ROLLDRIFT L_fflL L-3, DERIVIED RATE

STAR _Quisr_ AFTER L-5
- ROLL DRIFT UNTIL RE_

(LESS THAN 22 TV PICTURES)
F INERTIAL ROLL CCNTROL

(N_ STAR ACQUISITION POSSIBLE,

LESS THAN 22 TV FICTURES,
POSSIBLE VSS DEGRADATI(_I)

J- ROLL DRIFT
(NO STAR ACQU_ITION POSSIBLE,

LESS THAN 22 TV PICTURES)

- SEE (o)

- IMMEDIATE EL_UP
STAR ACQUISn'ION

{NO MIOCOURSE POSSIBLE)

INERTIAL ROLL CONTROL

(1NO STAR ACQUISITioN,
NO MIDCOU_E POSSIBLE)

- ROLL DRfF'r

(NO STAR ACQUISITION,
NO MIDCOURSE POSSIBLE)

- IMMEDIATE BACKUP STAR ACOUISITK}N

(NO MIDCOURSE POSSIBLE,
APPROXIMATELY 2O l'V _)

L DERIVED RATE STAR ACOUISITION,

(NO MIDCOURSE POSSIBLE,
APPROXXMATELY 20 "i"V PICTURES)

L IMMEDtATE BACKUP STAR /_£_JISITION
{NO M_)C.OUR_ FOSSI__EI

LESS THAN 22 lr'v PICTURES)
r INERTIAL ROLL CONTROL

(NO STAR AC_JISITION,
NO MIOCOURSE POSS_LE,

VSS DEGRADATION.
LESS THAN ?.2 TV PICTURES)

ROLL DRIFT

STAR ACC_.JISff,_ON,
NO MIDCOURSE POSSIBLE,
LESS THAN 22 TV PICTURES)

Z_ ALL LOGIC PRIOR TO THIS POINT IS DUPLICATED

Z_ RELAY DRIVER OUTPUTS FOR CC_S EVENTS L-I
AND L-2 ARE GIVEN REPEATEDLY AFTER THE

NOMINAL EVENT TtMES

Z_ ISSUANCE OF THE DE COMMAND MUST BE TIMED

TO F_OPERLY POStT_N THE VSS TAPE AT

GYRO SHUTDOWN

Z_ SEQUENCES BEYOND THEDE PC_NTS (c)
ARE ESSENTIALLY IDENTICAL TO THE SUN

ACQUISlT_3N SEQUENCE SHOWN in (o)

A/C ATTKUDE CONTROL

ACQ ACOUISITION

PYRO PYROTECHNIC

SEE (o)

L N(_MAL SUN ACQL_SlTION (SEE (o) NOTE Z_)
NO MIDCOURSE ROSS_BLE)

MAGNETOMETER ROLL CALIBRATE L_TIL REVOKED
(NO MIDCOURDE POSSIBLE)

L ROLLDRIFT UNTIL PEVO_ED
(NO MIDCOURSE POSS_LE)

L INERTIAL ROLL CONTROL UNTIL REVOKED
(NO MIDCOL_FLE POSSIB.E)

ROLL DRIFT

(NO STAR _CO_SITION, NO _DCOURSE POSSIBLE)

INERTIAL ROLL CONTROL

  =FTOMETE  ,NoSTAR  ,GLE.ROLL M_GNETOMETE_ ROLL CALIBRATE UNTIL REVOKED
CALiBRaTioN _NO _DCOLRSE ROS_BLE_ LESE THAN 22 TV pICTURES)

• INERTIAL ROLL CONTROL UNTIL

(NO MIDCOLIRSE POSS_i.E, LESS THAN 22 TV PICTURES)
I= ROLL CONTROL UNTIL RE"/OKED

(NOMEE,(XIRSE POSSI_LE, LESS THAN Z2 TV PICTURES)
L _TOMETER ROLL CALIBRATE UNTIL REVOKED

MtDCCX,IRSE POSSIBLE, LESS THAN ?.2. TV PICTURES, POSSIBLE VSS DEGRADATCON)

ROLL DRIFT UNTIL REVOKED

tNO MISCOURSE POSSIBLE, LESS _ 22 TV PtCTURES)

- INERTIAL ROLL CONTR.. UNTIL REVOKED

MIDCOURSE POSSIBLE, LESS THAN 22 TV PICTURES)

- ROLL DRIFT

(NO STAR AC_JISITtoN PC_StlBLIE, NO MIDCOLIRSE POSSIBLE, LESS THAN 22 TV PICTURES)
INERTIAL ROLL CONTROL

(NO STAR ACQUISITION POSSIBLE, NO MICCOL_SE POSSIBLE,
LESS THAN 22 TV PICTURES, POSSIBLE ',,'SS_GRADATION)

NORMAL SUN ACQUISITION (SEE (o), NOTE._.}
IMMEDIATE BACKUP STAR ACQUISITK}N

(NO MtDCOURSE POSSIBLE)

IMMEDIATE DERIVED RATE STAR ACQUISITION,
(NO M1DCOURSE POSSIBLE, LESS THAN 22 TV PlCTURES}

ROLL DRIFT UNTIL L-3. DERIVED RATE STAR ACQUISIT_ AFTER L-3,
{NO MIDC0tJRSE POSSIBLE)

NORMAL SUN ACOUISITION (SEE (o), NOTE .4_)
INERTIAL ROLL CONTROL UNTIL REVOKED
(NO MIDCOURSE POSSIBLE)

Fig. 30. Sequence flow diagram, launch to Sun acquisition
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A L-S CJ

MAGNETOMETER ROLL C LIBRATE_
NOPUS YES P l

PNO

_O__N YES YES

rNO NO

OR,F_ YES

NO

YES

NO B

.L R(

BACKUP STAff ACQUISITION
(OC-IS CONDITION)

INERTIAL ROLL CONTROL YES P YES

(DC-IB CONDITION)

NO NO

CANOPUS GATE tNHIBIT L-S CJ

(DC-15 CONDITION)

)LL

YES

--- SEARCH

Fig. 31. Sequence flow diagram, roll acquisition
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Function Design
approach/remarks

Roll control Alternate mode

Data mode switch-

ing to Data

Mode 1

Data mode switch-

ing to Data

Mode 2

Functionally

redundant for

midceurse phase

Functionally

redundant

Table 19. (Cont'd)

Options

Normal search. Initiated by

L-3 or DC-13. Until initial

acquisition only.

Acquisition override, DC-21.

Results in normal search.

DC-27 switches to Data

Mode 1, and starts mid-

course sequence.

DC-1.

Reset of MT-1 relay during

midcourse. Also initiates

reacquisition.

DC-2, which also turns on

cruise science.

DC-25, which also turns on

encounter science.

VSS second end of tape or

end of NRT DAS frame No.

11, whichever comes first.

MT-7.

Function

Data mode switch-

ingto Data Mode 3

Data mode switch-

ing to Data

Mode 4

Encounter science

on

Encounter science

off

VSS tape track

change

Design

approach/remarks

Functionally

redundant

Functionally re-

dundant. If there

are no data

present on the

VSS tape, data

are auto-

matically for-

matted to Data

Mode 1

Functionally

redundant

Functionally

redundant

Functionally

redundant

Options

Wide angle acquisition.

Narrow angle acquisition or

TV planet-in-view if wide

angle acquisition has not

occurred.

DC-3.

CC&S MT-9. Tape playback

and Data Mode 4.

DC-4. Tape playback and

Data Mode 4.

CC&S MT-7.

DC-25.

CC&S MT-8.

DC-26.

Internal logic triggered by

end-of-tape signal.

DC.22.

The input for the program consisted of component

weight, centroid coordinates _, if, and _', local moments

of inertia, and local products of inertia for each com-

ponent. The coordinates were obtained by analysis of

existing drawings; the local moments and products of

inertia of each component were computed manually

using existing drawings. The spacecraft moments of

inertia were determined experimentally.

Monthly reports presented the current weight, CG,

moments of inertia, products of inertia, and inverse

J-matrix for each of three phases of the trajectory,
namely: launch, before midcourse maneuver, and after

midcourse maneuver. The weight was subdivided into

actual and calculated weights by percentage, and a

complete explanation of weight changes was included

in each report. Pointing information for the PIPS was

also supplied in the form of lateral offset distance and

rotation angle. The variation of spacecraft total weight

as a function of time is shown in Fig. 32.

The MC-3 spacecraft was weighed in at 574.27 lb,

but, prior to launch, the weight increased to 574.74 lb

because of component replacements. The final weight

report differed from the measured value by 5.06 lb, or

slightly less than 0.9%. Presumably, part of this differ-
ence was installation hardware not accounted for.

The MC-3 spacecraft CG was experimentally deter-

mined to be X = 0.698 in., Y = -0.023 in., and Z =

-12.293 in. The corresponding calculated values were

X = 0.65 in., Y = -0.02 in., and Z = -12.20 in. The
difference between the calculated values and the mea-

sured values amounted to X = 0.048 in., Y = 0.003 in.,

and Z = 0.093 in. The MC-2 spacecraft CG was experi-

mentally determined to be X = 0.784 in., Y = 0.104 in.,
and Z = - 12.302 in.
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VI. SPACECRAFT SUBSYSTEMS: STRUCTURE

The spacecraft structural design was influenced by
ten considerations.

The structure had to be designed and built in an

unusually short time. To meet the tight schedule, the

structure was designed to be fabricated with relative

ease using existing assembly techniques.

The structural components had to be lightweight and

yet strong and rigid enough to enable all spacecraft

components to survive the boost and postinjection pro-
pulsion environments.

The view angle constraints imposed by the solar

panels, attitude control sensors, antennas, and science

instruments had to be achieved by efficient structural
design.

The temperature control design criteria had to be

met. These criteria consisted of thermally isolating the

main portion of the spacecraft from the changing solar
heat inputs, and enclosing this hardware within an

envelope that could be easily temperature-controlled.

Realistic mechanical alignments between the reference

surfaces and the critical components had to be provided
and maintained.

The number and complexity of the deployment and

articulation operations had to be minimized without

compromising the mission objectives.

It had to be possible to break the structure down into

discrete elements, which could be designed and fabri-

cated separately, and which, when assembled as a

complete unit, would provide an integrated lightweight
structure.

The structure had to be flexible enough to accom-

modate late changes and revisions in hardware design
without major redesign.

The design had to be compatible with the ground-

handling considerations. The system testing and oper-

ations had to be conducted with minimum spacecraft

disassembly; access had to be provided for these opera-

tions without disassembling the major electronic
elements from the spacecraft.

The final spacecraft assembly and button-up opera-

tions just prior to launch had to be made in a fast,

straightforward, and simple manner.

The Mariner spacecraft structure is composed of the

following components:

1. The basic octagon structure, which houses the

electronic equipment, the cabling, the PIPS and the

attitude control gas vessels and regulators. To the

octagon structure are mounted miscellaneous

science instruments, the attitude control sensors,

the side and lower thermal shields, and all other

exterior protrusions. The base of the octagon struc-

ture provides the spacecraft structural portion of
the launch vehicle interface.

2. The superstructure supports the fixed high-gain
antenna and the Cosmic Dust Detector instrument,

and mounts the solar panel boost and low-gain

antenna support dampers. It also supports the

upper thermal shield.

3. The four identical solar panel structures support

the 70 ft'-" of solar cells. The attitude control gas
jets and solar pressure vanes are attached to the

ends of the solar panels.

4. The boost dampers restrain and align the low-gain

antenna and the four undeployed solar panels. The

vibration inputs to these elements are reduced by

the boost dampers. Pyrotechnic pinpullers on the

ends of the eight solar panel boost dampers re-

lease the panels upon command.

5. The panel deployment area includes: clock-type

power springs to rotate each panel 90 deg to its

deployed position; the necessary instrumentation

to signal that the panels have been deployed; and

the cruise dampers, which restrain the panels at

their deployed position and align and retard them

from further movement after deployment. (The
cruise dampers also minimize the panel inertial

excursions during the midcourse maneuver.)

6. The science platform is mounted to the central

portion of the octagon structure and provides the

mounting for the planet-oriented science instru-

ments and sensors. The scan actuator is capable

of rotating the science platform instruments to the

proper pointing position to obtain scientific infor-

mation at Mars encounter. A cover is provided to
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protect the delicate instruments from sunlight and
cosmic dust.

Because the structure is highly integrated, most of

the structural analysis, development, and qualification

tests were made on the complete spacecraft structure.

Qualification tests were performed using a complete

flight spacecraft frame containing mass mockups of all

electronic and propulsion equipment. Although prob-

lems were encountered during the design and test

phases, the adequacy of the spacecraft structural design

was confirmed by these tests.

A. Odagon Structure

The octagon structure is the core of the Mariner Mars

1964 spacecraft. It structurally supports all of the space-

craft components and houses the booster-mounting

interface. The final structural configuration evolved

from a series of design studies in which various basic

structural shapes were investigated. The octagon shape,

with the electronic packaging integrated into the struc-

tural design, was selected because it has the following
inherent attributes:

1. The structure can tie the spacecraft elements to-

gether with adequate strength and rigidity, and

with minimal weight (30 Ib).

2. The Ranger and Mariner Venus 1962 subassembly

profiles can be efficiently packaged in the electronic

chassis, which are integrated into the structure.

3. During the design stage, additional space can be

provided for electronics growth by increasing the

height of the octagon structure.

4. The total spacecraft temperature control approach

can be satisfactorily implemented.

5. The solar panels can be easily attached to the basic

load-carrying structure.

6. The planet-oriented science instruments can be

located in a desirable position.

The structure was fabricated of large machined mag-

nesium forgings. Critical-tolerance surfaces were

machined on these parts prior to final assembly to

minimize assembly time and weight. The achievement

of a minimum-weight structural design tended to com-

promise the operational aspects of the total design.

Special fixtures were required to handle the electronic

assemblies; the spacecraft had to be mounted to a

special support structure; and special shear panels had

to be installed in the structure whenever components

were removed. The structure was very delicate and had
to be treated as such.

The selection of a structure that was fabricated from

large machined components and was structurally depend-

ent on other components created operational areas of

concern. Constant attention to these potential problem

areas resulted in a lightweight functional design. Eight

octagon structures were fabricated-four for structural,

thermal, and booster interface tests, and four for flight.

1. Design Description

a. Primary structure. The primary portion of the

basic octagon structure is composed of two octagonal

rings, each approximately z_ in. thick and 55 in. in

diameter. Longerons 161/_ in. high (Fig. 33) are mounted

at the octagon corners and separate the two rings. Elec-

tronic chassis, approximately 4 in. deep, are mounted

in the rectangular openings formed by the rings and

longerons (Fig. 34). The chassis in six bays consist of
a fiat, shear-web outer surface and three web members

normal to the chassis shear web. These members support

the inboard portion of two vertical rows of electronic

subassemblies by their mounting ears. The center web

member, a box section, also provides the structural sup-

port for the cable harness.

The periphery of the chassis shear web is bolted to

the exterior surfaces of the longerons and the upper and

lower rings. The interior of the chassis is bolted to the

octagon structure at four points. The center web member

is bolted to the top and bottom rings, and each of the
two outer webs are mated to the inboard surfaces of

the longerons by shear pins and bolts.

The seventh bay houses a portion of the power

conversion equipment and the battery. The

power conversion equipment chassis is bolted to the out-

side surface of the octagon structure in the same way as

the chassis shear web. The battery is mounted to the

inner vertical face of the longeron and to the center of

the upper- and lower-ring webs in the same manner

as the inboard portion of the chassis.

The eighth bay houses the postinjection propulsion

system. The PIPS is attached to the structure by fittings

located in the corners of the bay. A 0.030-in.-thick shear

web is bolted to the exterior face of the opening. The

shear web contains two openings: one for the umbilical

connector, and a second for the protruding motor nozzle

and jet-vane actuators. The second opening is covered
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Fig. 33. Octagon structure longeron 

Fig. 34. Electronic chassis mounting surfaces 

with a cylindrical can-t>pe structure, which acts as a 
thermal shield and reduces the chances of the delicate 
motor and jet \xne actuator parts being hit. 

The lo\ver ring (Fig. 35) pro\des mounting surfaces 
for Inany components. The secondary sensors and 
Canopus sensor are bolted to mounting and indexing 
surfaces that n.ere machined on the lojver ring. 3lount- 
ing holes and surfaces are also provided for the Canopus 
sensor Sun shutter, the pyrotechnic arming switch. and 

the separation-initiated timer. Brackets mounted to the 
lower ring support the inflight electrical connector, and 
pro\.ide the necessary bearing surfaces for spacecraft 
ejection <pings and separation-velocit- linear potenti- 
ometers mounted on the Aqcna adapter. 

The spacecraft was attached to the Agcnn adapter at 
the eight exterior corners of the lower ring. I t  was re- 
htraincd by a \'-band that claiiiped eight 1- in.-wide 
feet so that they would bear on a corresponding surface 
on the adapter. The compressive force of the tensioned 
\'-band, reacting on the upper foot surface, reacted the 
axial loads and eliminated the possibility of the space- 
craft chattering during \.ibration. Radial loads were 
reacted by a 0.185-in. shear lip on the lower ring, \vhich 
hore against a corresponding surface 011 the adapter. 
Torsional loads between the spacecraft and the 
adapter were reacted by (1) the friction forces between 
the spacecraft and the adapter mounting surfaces, and 
(2)  shear washers and bolts inserted on either side of the 
eight feet. 

The spacecraft mounting surface was machined to be 
coplanar within 0.005 in.  The radial tolerances 1ietn.een 
the sliear lips \f-erc held to 0.010 in. Because the adapter 
radial-spring constant is much lower than that of the 
spacecraft, the adapter was deformed during the V-band 
tensioning operation until the mounting surface \vas 
seated and the two shear lip surfaces came in contact. 
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Fig. 35. Octagon structure lower ring 

IIiiring assrmil)ly, test operations, and sliiptnc~nt, thv 
spac(waft was attaclicd in a similar manner to a support 
striictiirc, callcd x universal ring (U-ring). € I o u w y ~ r ,  
1)ccaiisc. the U-ring structurcl was stiff, t h  spacecraft 
striictiirc was forccd to deform to the higlily controllrd 
LJ-ring dimensions. 

The top ring contains mounting and indexing surfaces 
for the Sun-sensor pedestals and brackets for mounting 
the Trapped Radiation Detector, the Solar Plasma Probe, 
and the absorptivity standard. The solar panels are 
tnorinted to rod-end iiiono1)alls at each of the inner cor- 
ners of the top ring. These rod ends also attach the lon- 
gerons to the upper ring. The superstructure is mounted 
at four corners of the inlmard portion of the upper ring. 
The periplicral structure of tlic top ring is basically iden- 
tical to the  low^ ring, except for the fcct on the lower 
ring. 

11. Secondor!! sfrrrcfrrrc. Tho top ring contains eight 
T-section spokes that c s t cdcd  radially inlloard to a cen- 
tral hiil).  This spoke arrnngcmcwt is the upper part of 
\ v h t  is callctl the sc~condary striictiirc. This structure 
is stiff(wcc1 torsionally in thrcc ways: 

1. The spokcs arc’ offset at thc center from tlie center 
I i i r l ) ,  to react tlic torsional loads i n  tension and coni- 
pwssioii lather than by 1)cding. 

2. 7 ’ 1 i ( x  circular-cal)lc trough striictnrc’ is lmltcd to 
cxcli of  thc spokes. which incrcascs tlic ring tor- 
sional rigidity ant1 nchic~\~c~s s o ~ ~  stiffcnitig o f  the, 
1'-sections. 

3. A channc~l to snpport thc h e  of the low-gain an- 
tenna cxtcwls froni an area near tlie oiitlmard edge 
of the top ring to an adjaccmt spoke in the arca 
ininicdi;itc.ly oiit1)oarcl o f  thc cable trough. 
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Fig. 36. Octagon structure 

T~veh-e truss tiihes are included to attach the corners 
of the H-frame structure to the top ring and to the pri- 
mar). structure. Four stiffening tubes, running from a 
corner of the H-frame assembly to the area of the upper- 
ring hub, react the H-frame transverse loads into the 
top-ring structure. These tubes can be only +” in. in 
diameter, since the!- miss the attitude control gas vessels 
by only 1:: in. Each of the four corners of the H-frame 
structure is attached in a wishbone fashion to the top 
and bottom of the primary structure longerons by two 
r, ,-in. diameter swaged tubes. These tubes prolride trans- 
1 erse restraint for the secondary structure. 

2. Detailed Design 

During the earl!. phaces of the design effort, prelim- 
inary layouts were used to fabricate a full-size mockup. 
Thiq mockup allon-ed the design to he qeen in three 
dimensions, and enabled gross geometric incompatibili- 
ties and detail fabrication and assembl\- problems to be 
brought to light. During the detailed design, three areas 
were under constant scrutiny: 

1. Detailed parts were designed to be readily fabri- 
cated. The machined rings, for example, were 
designed to be machined by standard profile tech- 
niques with a minimum of setups. The need for 
undercutting during machining was eliminated 
whenever possible. 

2. The structure was designed to be fabricated with a 
minimum of assembly tooling and machining. Wher- 
ever possible, the final smfaces were held dimen- 
sionally on the detailed parts. The most critical 
tolerance was that specified for the flatness of the 
upper and lower rings: 0.010 in. in 54 in. The 
dimensional relationships between the rings and 
the longerons were held to ensure that they would 
mate when assembled, and that the electronic 
chassis would readily mount to the spacecraft. Me- 
chanical alignment tolerances between critical sur- 
faces were held on the piece parts to minimize the 
final assemhly time and any hazardous machining 
operations required on the assembled structure. 

3. Il-eight was reduced where\rer possible. Minimum- 
gauge materials were specified on the drawings, 
and machined parts were designed to minimize the 
material remaining around attach points. For ex- 
ample, machined bosses were radiused rather than 
left square. This effort saved about 4 5  of the basic 
structural weight. Additional weight was saved be- 
cause excess material was not required for machin- 
ing operations after final assembly. 

3. Material Selection 

The material selected for the top and bottom rings, 
longerons, and H-frame was forged magnesium. It was 
selected over aluminum, steel, and other magnesium 
materials because it has the following attributes: 

1. Sonmagne t ism 

2. Larger allowable tolerance for given allowable 
weight variations 

3. Less weight for the same size fillet radii 

4. Less weight required for superficial, nonstructural 
bosses 

5. Ease of machining 

6. Ductility 

I .  Grain flow 

8. Strength 

9. Dimensional stability 
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The other structural members were designed to be
fabricated of aluminum: 6061-T6 was selected for all

tubes, and 2024-T4 was used for the tube fittings.

4. Forging Process

After the material had been selected and the design

had proceeded to the point at which tile forging-billet

requirements had been established, several vendors were

requested to bid on forging the magnesium with the fol-

lowing minimum guaranteed properties:

S,.o,,,_,,.,._._,,,,._oI_= 20 × 10 :_psi, short transverse

Stensi le yie](l = 26 × 10 :_psi,

= 19 × 10_psi,

radial or

longitudinal
circumferential

or long transverse

St .... i1.... ltimate = 42 × 10 :_psi,

= 37 X 10 :_psi,

radial or

longitudinal
circumferential

or long transverse

Only one vendor was willing to produce all forgings

with the required guarantee of physical properties; the

parts were forged from cast ingots of ZK-60A. They were

tested for physical properties and chemical composition

before the forging process began.

A 50,000-ton forging press was used for the large pan-

cake ring forgings, and smaller presses were used for the

longeron and H-frame forgings. A closed-dye forging

was made for forging the large billets because of the

ultimate material strengths required. To obtain the

necessary properties, the billets had to undergo large

amounts of metal working.

The materials were forged at a temperature of approxi-

mately 675°F, had a minimum of 10_ cold-working, and
were solution heat-treated at 300 ± 10°F for 24 hr.

After forging operations, the billets were chemically

acid-etched to inspect for cracks and to preserve them

during ultrasonic inspection. The billets were ultrason-

ically inspected to Mil-Std-271, Class A, and were guar-

anteed to Class B. After ultrasonic inspection, pieces

were removed from each forging and tested by the
forging vendor.

After arrival at JPL, the billets were Blanehard-ground
on two large parallel surfaces, stress-relieved for 4 hr at

300°F, and subjected to ultrasonic- and fluorescent-

penetrant inspections.

During that period, the detail design of the spacecraft

octagon structure was still in process. Some design

changes were prohibited because of the dimensional

restrictions imposed by the overall forging dimensions

from which the octagon piece-parts were to be machined.

5. Piece-part Fabrication

The ahuninmn piece-parts were fabricated by standard

techniques. The most complex portion of the piece-part
fabrication was that associated with machining the

magnesium forgings. The upper ring, lower ring, and

H-frame were designed so that most of the machining

could be accomplished with straight-plunge milling and

simple lathe operations. The large upper and lower rings

presented a problem in clamping and handling because

of their flexibility and thin web sections. The longerons

were not as straightforward in their design, but they did

not present any unique fabrication problems. Extensive

tooling was used to minimize scrappage and to ensure

that the final parts would pass inspection.

Two vendors were selected to machine the first rings

because the schedule dictated that good parts had to be
machined in a short time. The choice of two vendors

increased the chances of receiving good parts early. The

vendor that produced acceptable parts on schedule at

the lowest cost was given the contract for machining the

remaining parts. After rough machining, the first parts

were subjected to a stress-relieving operation at 300°F

for 1 hr, and were fluorescent-penetrant inspected for

cracks. Later, the parts were stress-relieved for 4 hr.

After the final machining, the parts were again pene-

trant and dimensionally inspected. The magnesium parts

were given a Dow 7 treatment to protect against corro-
sion and to provide a base for paint that would be

applied later over much of the structure. In the areas of

the final structure that were not painted, the Dow 7

treatment provided the proper temperature control sur-

face properties.

6. Final Inspection and Assembly

Tim octagon was built in the JPL sheet metal shop

and was assembled on the spacecraft-handling U-ring.

The h)wer ring was mounted to the U-ring and restrained

by the U-ring shoes. The eight longerons, which werc
machined in matched sets of eight to obtain a constant

overall hcight, were bolted to the bottom ring with two

close-tolerance bolts. The top ring was then holted on
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top of each longeron by a solar panel rod end and a 
close-tolerance bolt. -4fter the top ring had been rota- 
tionally aligned to the lower ring, the rings were riveted 
to the longerons. 

The center torque tube was then placed in the center 
hub of the top ring and aligned to the base reference 
plane, the spacecraft structure/U-ring mounting surface. 
The H-frame was mounted to the center tube and aligned 
parallel to the base reference plane and rotationally- to 
one of the bay surfaces. The center tube was then riv- 
eted to the top ring and to the H-frame. \\'ith the 
H-frame in place, the twelve tubes and fittings, which 
restrained the H-frame, were located, and pilot holes 
were drilled. The four tube fittings that attached to thc 
longerons were placed inside the swaged tubes and were 
riveted with aluminum rivets. The other eight fittings 
were placed over the tubes and attached with blind 
rivets. These fittings were designed to present a flat 
exterior surface for the ri\.et-driving gun to bear against. 
This feature reduced the possibility of the ri\Tet being 
driven off center and coming loose. hliscellaneous 
brackets and pads were bolted, riveted, or bonded in 
place to the top and bottom rings. 

Matched drill jigs were used to drill close-tolerance 
holes for the electronic chassis, the battery, the 
midcourse motor bay shear web, and the attitude control 
gas bottle equipment plates. These items were mounted 
with female fasteners called press nuts, which were used 
in lieu of nut plates. They had the advantage of being 
rapidly and easily installed; they were nonmagnetic; they 
were capped to prevent thread chips from falling out 
during the many hardware-installation and removal 
operations; and they presented steel side walls to the 
male fastener. This latter feature eliminated the possi- 
bility of the bolt threads tapping the softer magnesium 
material causing chips or loading 111) the screw threads. 
which happens  hen nut plates are placed on the back- 
side of a mounting surface. The press nuts also had the 
advantage of being replaceable; they could be drilled 
out and replaced with another press nut that could be 
bonded to the magnesium parent material. 

Titanium bolts were used to assemble the structure 
and to mount all the spacecraft structural components. 
The use of titanium saved about 3 111 of spacecraft 
weight. I t  was found that the softer titanium screws 
galled when they were threaded into deformed-thread 
locking nuts. These nut$ had been deformed to provide 
the proper locking torque with hardened steel screws. 
New nuts that were less deformed, but that still pro- 

\.ided the necessary locking torque, \\ere procured for 
use with the titanium screws. 

After the octagon structure was assembled, it was 
moved to the paint shop where the temperature control 
paints were applied and the Dow 7 surfaces touched 111) 
with Dow 17. 

The structure was thoroughly inspected after assembly 
with the ground-handling shear webs in place (Fig. 37). 
,411 drawing tolerances were met and the critical align- 
ments were recorded for future reference. The only 
additional machining that was required was the four 
close-tolerance bolt holes for mounting the PIPS suli-  
structure. 

7. Special Handling Equipment 

The spacecraft s tr u c t u r a 1 des i fin complicated the 
ground-handling operations. As stated pre\iously, shear 
\vebs had to lie bolted over the outside of the bays to 
Lcep the structure from tending to parallelogram when 
the electronic chassis were removed. 

Fig. 37. Octagon structure final inspection 
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During all the handling and shipping operations, the 
spacecraft was mated to the U-ring. The U-ring WRS 

exceptionally stiff in order to restrain the spacecraft 
structure. \\Then the spacecraft was moved, the lifting 
sling had to be attached to the U-ring. In the few cases 
when the spacecraft was lifted from the U-ring, the 
hoisting cables were attached to lifting straps bolted to 
the outboard edge of the longerons. These pickup points 
were used when the spacecraft was lifted to be mated 
to the LMSC adapter for vibration tests, matchmatc 
tests, or flight mating operations. The only times that 
the spacecraft was not on the U-ring or on the Lh4SC 
adapter was during the space-simulator tests, during 
the spacecraft wcight and CG operations, and during the 
SMIT tests. 

The electronic asscmblies that were installed in the 
octagon structure weighed 40 to 50 Ib. Because 
the chassis were flush with the octagon structure, a 
special handling frame (Fig. 38) was required to support 
the assemblies when they were inserted in tlie octagon. 

This handling framc consistcd of a hinge support that 
was hard-momitcil to tlw octagon longerons. It also con- 
taincd a tloiil)lc-hingc~ arrangemc,nt that allowcd the 
chassis to be insc~rtcd straight into the octagon opening. 
\\'hen the chassis was removed from the octagon, thc 
chassis hnndling frame could be lifted out of the hard- 
niountcd half of the hinge, and the elc~tronic chassis 
carried to a work bench or installed in the chassis han- 
dling frame. 

Fig. 38. Electronic chassis removal fixture 

B. Superstructure 

1. Function 

In order to support the equipment required above the 
top of the octagon structure, an additional structure, 
the superstructure, was needed. This superstructure sup- 
ported: the high-gain antenna; the solar panels through 
their boost dampers; one low-gain antenna damper; the 
Cosmic Dust Detector; the upper thermal shield; and a 
ccntral retarder and cables for controlling the opening 
spwd of the solar panels. Of these, the last was not 
required because of a late change in the design; how- 
ever, thc siiperstructurc was built to accommodate it. 

2. Description 

The superstructure is shown in its assembly fixture in 
Fig. 39 (a) and attached to the octagon in Fig. 39 (b). 
It is an eight-membered, welded, aluminum truss with 
a formed top ring for mounting the antenna, and four 
fwt  at the base for attaching to the octagon structure. 

3. Fabrication 

The truss ring was formed from 1% outside diameter 
by l/*-in. wall tubing, bent to a nominal 5.36-in. radins 
in half rings. The ring lialves were then machined and 
wcldcd to form a complete ring. Four types of ring fit- 
tings were machincd to be welded to the ring for the 
next assembly. They consisted of high-gain antenna sup- 
port pads, solar panel damper clevis fittings, solar panel 
damper clevis and truss tube fittings, and a low-gain 
antenna damper fitting. All fittings were machined from 
6061-T6 aluminum, and were then annealed prior to 
welding. Each fitting was made with sufficient extra 
material to allow for machining to required dimensions 
after welding. 

The ring weldnient and fittings were tack-wcldcd in 
a fixture (Fig. 40) in a heated environment (hot ph tc  
and photo flood lights), then removed from the fixture 
and finish-welded in the heated environment. After 
welding, all welds were radiographically and fluoresccnt- 
penetrant inspccted. If unacceptable defects were pres- 
ent, they were removed by grinding and, subsequently, 
reinspected radiographically to ensure removal of t h '  
defect. Once the defects were removed, the part was 
rewelded and rcinspectcd. This cycle was reiterated until 
the part was free of rejectable defects (cracks, cliaiil 
porosity, sharp porosity, inclusions, nonfusion, and 1)()()1 
penetration) or was scrapped. After heat-treating, t h  
radiographic and dye penetrant inspection was per- 
formed again. If the part was still acceptable, it was 
continued through its processing. If defects were noted. 
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Fig. 40. Superstructure ring in welding fixture 

Fig. 39. Superstructure 

the process described above was reiterated. After heat 
treating, the truss-ring weldment was chemically milled 
to reduce the tube wall thickness from 0.03s in. to 
0.040 ( +O.OOS/-0.OOO) in. This process remo\-ed approsi- 
inately 1 lb from the ring and left sufficient material to be 
structurally adequate. The part was then machined, in- 
spected, and polished to prepare it for the nest assembly. 

The truss strut tubes were formed from 1 in. in diame- 
ter by 0.035-in. \vall aluminum tubing (6061-0). The 
ends of the tubes lvere swaged to 0.590 in. to minimize 
the size required for the end fittings. After swaging and 
treating to the 6061-T6 condition, the inside diameter 

of the swaged ends was honed to renio\'e inclusions and 
imperfections due to the forming process. The tube 
ends were then fluorescent-penetrant inspected and ma- 
chined. After the tubes were polished and inspected. 
they were ready for final assembly. 

Final assembly welding took place in the welding fix- 
ture show-n in Fig. 40 (a). The truss-ring \veldnient, eight 
strut tubes, and four feet were tack-welded together in 
the fixture and then finish-welded in the free state. The 
we 1 d s were then radiographic a1 1 y and flu or e s c e n t - 
penetrant inspected. If rework was required, it was per- 
formed in the same nianner as that described for the 
truss-ring weldment. \\-hen all welds were acceptable, 
the assemblp \vas replaced in the n-elding fixture and 
stress-relieved. After stress-relie\-ing, the assembly was 
placed in another fixture, similar to that used for weld- 
ing. and machined to final dimensions. Following final 
machining, brackets were riveted on. press nuts \\-ere 
installed, polished surfaces ere touched tip. and the 
assembly was inspected. 

The Jlnriner Slars spacecraft superstructure performs a 
complicated structural function. Because of this func- 
tion. it lends itself to a welded design that presents 
some fabrication problems. Due to the tight schedule. 
these problems were more binding than they would l i a v ~  
been under more leisurely circumstances. Sot  enough 
time was available to develop optimum solutions or 
redesigns. However, all parts were delivered on schcdule. 
did the job, and were lightn-eight (3.1 Ib). 
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C. Solar Panel Structure

1. Description

The solar panel structure for the Mariner Mars 1964

spacecraft consists of a rectangular corrugated plate, or

substrate, supported by a pair of parallel longitudinal

beams, or spars. The corrugated plate is constructed of

a flat skin reinforced with 0.5-in.-deep symmetric lateral

corrugations. The photovoltaic solar cells are bonded
with a silicone rubber adhesive to the flat side of

the corrugated plate. Dimensions of the panel,
71.4 × 35.5 in., were selected to allow use of a modular

cell arrangement throughout, thus optimizing solar cell

packing density and minimizing cabling and wiring

weights. In order to minimize total weight, modularized
substrate structural schemes were avoided, since these

systems generally involve increased weight associated

with redundant structure, additional fasteners, and over-

lapping splice joints.

At the inboard edge of the panel, the parallel box-

section spars terminate in clevis hinge fittings. These

hinge fittings connect to matching rod-end bearings

on the spacecraft bus. A second pair of spacecraft-to-

panel attachments is provided at approximately the

third point of the spar by a pair of damped spring

struts. Thus, the panel structural scheme may be

described as a damped, elastically supported cantilever
system. To minimize the mechanical transmission of

vibratory energy from the spars to the delicate corru-

gated substrate, the longitudinal spars are located at

approximately the nodes of the free-free lateral sub-

strate. This decouples spar and substrate dynamic

responses. Intercostals, diagonal cross braces, and an

outboard end beam were provided and installed be-

tween the spars to give torsional rigidity to the structure

as well as to provide mounting surfaces for certain

ancillary hardware items (i.e., attitude control plumbing,

gas jets and solar pressure vane assemblies). When the

aerodynamic shroud separation scheme changed from

a clamshell to an over-the-nose separation (in late 1963),
a pair of elastically supported guide rails was installed

on the already fabricated solar panel flight hardware.

These rails were provided to protect the solar panels
from possible impact and damage by the shroud as it
was ejected from the launch vehicle.

2. Design Evolution

a. Configuration and preliminary design. Configura-

tion development of the solar panels was closely coupled

with the configuration development of the primary space-

craft. This resulted from the large panel area requirement

for the Mariner Mars 1964 spacecraft. A Sun-oriented,

planar solar array of rectangular planform was selected

for maximum gross solar panel efficiency and simplified

cabling. An early structural concept of this array con-

sisted of doubly articulating (folding) rectangular pairs

of panels latched together above the center of the

spacecraft in an A-frame fashion. This concept was

rejected because it failed to allow sufficient room for

packaging the spacecraft antenna systems.

The next configuration considered was the four-panel

system adopted for use on the final spacecraft. For the

launch phase, a number of latching concepts were

developed around the basic four-panel arrangement.

Among these were: the tip-corner latch concepts with and

without damping elements; the cross-tied concept with

spring-back tie rods diagonally across the undeployed

outboard panel tips; the intermediate damper-support

strut concept; and the intermediate damper-support strut

concept with preloaded tip bumpers. The intermediate

damper-support concept was selected from these candi-

date schemes for the following reasons:

1. Enough experience and knowledge existed con-

cerning the response of intermediate damper-

supported panel systems from Mariner II and

Ranger to make it feasible.

2. Intermediate damper supports were considered to

be more effective in attenuating a broad range of

resonant conditions, whereas tip dampers were

considered to be effective in attenuating only the

lowest resonances of the panel.

3. Tip dampers would have required the location of

excessive quantities of hardware at the panel tips

(dampers, pyrotechnic devices, additional structure,

and additional end fittings).

4. The synergetic response characteristics of the

damped tip-latched panel structure could not be

determined analytically without inordinate analyti-
cal effort. This was in contrast to the rather straight-

forward, but nonetheless lengthy, analytical task

for a single panel on intermediate damper supports.

b. Design constraints. One of the most critical con-

straints upon configuration selection and detail design

was a stringent weight limitation. This weight limitation
dictated a radical departure from past solar panel struc-

tural designs. The highly reliable panel structures of

the Ranger and Mariner Venus 1962 programs had to
be abandoned in favor of a new structure of approxi-

mately half the weight per surface area (Ref. 20).
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The initial design met and surpassed the minimum

goals of 0.50 lb/ft-_; however, as the program evolved,

the weight of the panels grew somewhat. A comparison

of solar-oriented planar structural weights for all past

JPL space programs is shown in Table 20, which does

not include the weights of attitude control devices in-

stalled upon the panels.

Table 20. Comparative JPL solar panel systems

Total area Panel area Structural

Program ft= ft= weight per ft 2

Mariner A

Mariner B"

Mariner II

Ranger VII, VIII, IX

Mariner III, IV

39.4

94.0

24.4

24.4

70.4

19.7

23

12.2

12.2

17.6

1.10

1.08

1.15

1.2

0.58

"Fold-out panels only, fixed panels not included.

The rectangular shape of the four panels per space-

craft led to a rather restrictive limitation upon dynamic

motion at the outboard tip of the panels. This limitation

was equally critical with respect to the shroud and to

the adjacent panels. One of the primary reasons for

selecting and using damped support struts for these

panels was to attenuate dynamic excursions minimizing

the required dynamic envelope. The secondary objective

was to reduce induced dynamic loads. Because of the

lack of inertial symmetry in equipment installed on

the panels, torsional vibration modes and torsional stiff-

nesses became as important to the dynamic envelope

problem as the flexural stiffness properties of the panel.

c. Design and fabrication contract. A subcontractor

was selected to perform detailed design and fabrication

of the 32 solar panel assemblies required for the Mariner

Mars 1964 program. Severe scheduling limitations were

forced upon the subcontractor by the long lead time

nature of the total photovoltaic power system fabrication
and qualification effort.

d. Substrate selection. The restrictive weight limita-

tion caused rejection of many potential structural

schemes. Two competitive sections were finally con-

sidered: a honeycomb of low-density core, and a cor-

rugated sheet. The corrugated sheet was selected over

the low-density honeycomb primarily for thermal

reasons. Conductive paths from front-surface absorption

to back-surface heat rejection were far superior with

the corrugated sheet concept. Also, the open-backed

corrugated sheet allowed good working access when

repair for modification work-such as addition of grom-

mets, cabling fasteners, inserts, dips, rerouting cables,

or straightening shear webs-became necessary. A third

feature is that visual inspection and quality control of

workmanship and/or damage was feasible with the

open-backed corrugated sheet and was not possible with

a honeycomb sandwich construction.

To satisfy the weight constraints and stiffness require-

ments of the design specification, the contractor

developed 0.5-in. thick corrugation of aluminum alloy

having a facing skin thickness of 0.005 to 0.0055 in., and

a corrugation thickness of 0.0035 to 0.0040 in. The

crowns and troughs of the corrugations were 0.3 in. in

width, and the overall corrugation had a pitch of 0.9 in.

Approximately half of the material in the inclined webs

of the corrugations was removed by circular flanged

lightening hole perforations.

e. Structural attachments. Previous contractor-

fabricated corrugated solar panel structures used by

JPL incorporated spot-welding as the primary skin-to-

corrugation attachment. With the extremely light-gauge
material selected for the Mariner Mars 1964 panels,

spot-welding became a questionable technique. Early in

design, sample segments of the proposed spot-welded

substrate construction were subiected to a type-approval

acoustic environment. These samples failed to survive

and spot-welding was therefore abandoned in favor of

an all-bonded substrate construction. In all instances, the

spot-welded construction failed in the heat-affected

region of the parent sheet material around the spot-weld

nugget. Sample segments of the all-bonded substrate

construction were subjected to the same acoustic envi-

ronment and showed no apparent degradation.

Attachment of the substrate to the spars posed several

problems. It was recognized that the differences in

substrate and spar dimensional tolerances would be

sufficient to induce crippling stresses and facing skin

ripples in the substrate if it were "pulled" into intimate

contact with the spar. An additional problem was the

absence of sufficient structural material in the light-

weight substrate section to permit discrete mechanical

attachments-e.g., rivets and screws. For these reasons,

it was decided to bond the corrugated sheet to the

parallel spars with a thick "leveling course" of epoxy

bonding material. This provided continuous attachment

of each corrugation cap over the full width of the spar
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flange, and, a t  the same time, provided a noncritical 
region for the correction of accumulated fabrication tol- 
erances. Considerable thought was given to the method 
of transferring corrugation shear forces in the region of 
the spar. One approach considered effective (followed on 
Mariner B )  was filling the corrugation trough with a 
bonded shear core material; however, since it was costly 
and heavy, it was rejected. A rather marginal approach 
was selected that allowed the shear to be carried com- 
pletely by the perforated and flanged inclined substrate 
webs. 

f. Prototype panel tests. The first hardware item de- 
livered to JPL was used for the development and per- 
fection of quality assurance inspection techniques, for 
preliminary structural dynamic tests, and for mechanical 
component compatibility or matchmate checks. These 
tests demonstrated that the ultrasonic bond inspection 
immersion procedure was incompatible with the mag- 
nesium spar hinge fittings and the several different 
aluminum alloys used for intercostal details and miscel- 
laneous fasteners. The problem involved the corrosive 
nature of the wetting agent used in the ultrasonic tank 
fluid. Sensitive materials were changed to less reactive 
aluminum alloys. Dynamic modal siirveys of the proto- 
type panel (Fig. 41) demonstrated that the torsional 
stiffness of the spars was significantly different than 
estimated. This led to a design reevaluation of the panel 
and the addition of a torsion X-brace. As was pointed 
out above, this torsional stiffness requirement was critical 
to the satisfaction of the dynamic envelope constraint. 

g .  Power system effects. To simplify and minimize 
cabling, it has been the practice on recent JPL flight 

Fig. 41. Solar panel dynamic modal survey 
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programs to mount Zener diode units on the back side 
of the solar array, thus allowing the array structure to 
act as a heat-dissipating radiator for the zener diode 
elements of the power system. In the Ranger-type struc- 
ture a sizable I-section member was used to provide 
the required thermal mass. To minimize weight on the 
Mariner Mars 1964 panel, the spars were modified in 
such a way as to provide adequate conductive paths to 
the radiating elements of the panel. Slight weight in- 
creases resulted because of spar flange material thickness 
increases from 0.024 to 0.032 in. This was the first 
example of structural design progressing to the point at 
which it no longer sized the component weight or thick- 
ness. The temperature control conduction path criteria 
controlled the skin gauge. 

h. Temperature control and dielectric coatings. Radi- 
ation of excess thermal energy from the rear of the 
corrugated substrate was enhanced by the use of a coat- 
ing of Mack thermal control material. Since the heat 
radiation requirement of the 1964 Mars mission was less 
severe than the 1962 Venus requirement, no attempt was 
made to completely cover the inner corrugated surfaces 
with the thermal coating. This had the dual benefit of 
reducing weight and simplifying fabrication procedures. 
In the last stages of qualification testing, it was discov- 
ercd that the diffused reflective characteristics of the 
satin-finish coating produced undesirable illumination 
within the field of view of the critically important 
Canopus star sensor. This problem was corrected on the 
flight panels by painting them with a glossy finish mate- 
rial of essentially the same type. 

An 0.003-in. clear epoxy dielectric coating was applied 
to the flat front surface of the panel to isolate the solar 
cell system electrically from the inetallic substrate. This 
dielectric demonstrated cxcellent resistance to concen- 
trated pressures and heat, as might be applied hv a 
soldering iron. 

3. Fabrication 

a. Frame assembly. Typical sheet-metal construction 
techniques were used on all except the niacliiiied 
aluminum-alloy hinge fittings and the d;unper support 
fittings. All flanged components at spars, intcrcostals. 
and bcams were of O.OlS-in. matc~ial m d  forrncd to 
des ired configuration us in  g hydro f or i n  stamping t c ~ l i  - 
niques. The componc~nt shect parts were aligncd i n  jigs 
and tack-riveted together tit important locations. Rc- 
moved from the jig fixtures, the tacked members werc 
completely spot-welded. Returned to assembly jigs, the 
completed spars, beams, and intercostals were aligned 
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and then interconnected with rivets to form the com-

posite frame assembly. All fasteners and inserts were

installed in the completed frame while in the assembly

jig. This phase of fabrication was free of major problems.

b. Substrate. Fabrication of the substrate and its

attachment to the spar frame assembly constituted the

maior problems in the fabrication process. The initial

difficulty was to obtain sufficient quantities of 0.0035-

and 0.0050-in. material that did not contain ripples with-

out requiring a separate and costly mill run. Other

problems were: preparing the surfaces for bonding, prop-

erly laying all adhesive prior to bonding the substrate to

corrugations, and controlling adhesive weight.

c. Bonding. The bonding operations of attaching the

corrugated sheet stock to the skin and then to the spar

frame assembly were the most sensitive and precarious

phases of panel assembly. Careful preparation of each

laying surface was tailored to the specific material and

all previous fabrication processes. Once prepared, these

surfaces were protected with specially selected adhesive

tape. All handling prior to the actual bonding step took

place with this protective tape in position. The actual

bonding operations took place in an environmentally

controlled "white-smock" bonding room.

d. Installation of doublers. During preliminary STM

vehicle vibration tests, gross dynamic-buckling failures

of the solar panel substrate took place. Investigation of
these failures led to the fact that much of the corrugated

substrate material was only about half as thick as it

should have been. The reason for this may still be

argued; however, it appears that the most likely causes

were: (1) poor inspection technique applied at the wrong

point in the process; (2) lack of engineering control over

shop procedures in chemical milling and surface-etching

processes. This problem was discovered too late to allow

a redesign of the panel substrate, but, since the failures

were of a buckling nature rather than of a strength

nature, it was concluded that the addition of bonded

doublers to the corrugated flange sections would suffice.

e. Installation of shroud bumper rails. The bumper

rails were simple aluminum tubular rails supported on

curved fiberglass springs. The tubular rails and springs

were sized to withstand an impact from the Agena

shroud and to minimize deflections so that no damage

to the vital solar power system would result. The fiber-

glass springs were located on the spars where space

existed, and mounted in such a way as to minimize shad-

ing of the zener diodes. Because of the rather uneven

spacing of springs, spring stiffness constants were tai-
lored to the individual location to provide a uniformly

varying spring rate as required by the shroud impact

design criteria.

4. Testing

a. Developmental testing. Developmental tests in-

cluded substrate buckling and fatigue tests, a preliminary

acoustic test, and vibration tests.

Substrate buckling and fatigue tests. A series of tests

was conducted on sample substrates to determine the

fatigue properties and the static and dynamic buckling

characteristics (including fixity coefficients) of the criti-

cal unsupported substrate back corrugation fiats.

Panel preliminary acoustic test. This test, conducted on

the prototype panel, verified the adequacy of the all-

bonded panel to survive the qualification acoustic envi-

ronment. Figure 42 shows the panel in the acoustic

facility.

Developmental vibration tests. Two tests were per-
formed at assumed vibratory input levels. In the first

test, the panel was supported on dampers, and in the

second test the panel was hard-mounted using no damp-

ers. The purpose of these tests was to check out the two

qualification test configurations for the solar panel sys-
tem. For the low-frequency high-input domain, damped

supports were required for panel survival. For the

high-frequency complex wave domain, dampers were

eliminated for test simplicity. During the low-frequency

tests, elastic buckling of certain corrugations carrying
accelerometers was observed. It was found that use of

even the lightest-weight accelerometers increased the

inertial loads significantly. For all subsequent tests

throughout the Mars 1964 program, no accelerometers
were mounted on the substrate corrugations.

b. Qualification testing. The qualification tests con-
sisted of a thermal and static-load test, a TA acoustic

test, a shroud impact test, a low-frequency vibration test,

and solar panel deployment tests.

Thermal and static load test. This test verified the

adequacy of the panel to withstand the specified thermal

and static design loads and was performed as an element

of the panel design and fabrication contract (Ref. 21).
The thermal-vacuum cycling tests were performed in the

GD/C facility, whereas the static tests were performed

in the GD/C engineering test lab.
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Fig. 42. Solar panel preliminary acoustical test setup 

Type-approval acoustic test. This test was essentially 
a repeat of the previously described developmental test 
using a different facility. Superior spectral characteristics 
were attained using Ling air modulating transducers. 

Shroud impact test. This test qualified the bumper rail 
system by subjecting a single solar panel and a pair of 
adjacent panels to various impacts of a pendulous inass 
simulating the inertial effects of the shroud. Figure 43 
illustrates the test setup and pendulous inass for the two- 
panel phase of this test. 

Low-frcqircncy tiil)r(itiou f c s t .  Formal qdification of 
the panel damper systrin consisted of a low-frequency 
(5 to 150 cps) sinnsoidal vihation test. The purpose of 
this test was to determine the ability of the panel to stir- 
vive Mariner vibration cnvironment without degrad a t' ion. 
A second purpose of the test was to determine the fre- 
quency response characteristics of the solar panels as 

Fig. 43. Solar panel shroud impact test setup 

Fig. 44. low-frequency longitudinal vibration test setup 

supported upon discrete dampers in thc spacecraft con- 
figuration. The input levels to the test werc rather carc- 
fully developed from preliminary STM test data to 
envelop panel responses for the most critical spacecraft 
test conditions. The results of the test were satisfying; 
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the panel successfully passed the qualification sequence 
and demonstrated structural adequacy for flight pur- 
poses (Ref. 21). Figure 44 shows the setup for the low- 
frequency longitudinal vibration test. 

Solar panel deployment tests. A complete series of 
tests was conducted to simulate a range of spacecraft 
and booster failure modes that might have affected 
deployment performance and hardware integrity. The 
tests revealed no probable failure modes or potential 
degradation of the hardware. Figure 45 shows a typical 
deployment test setup on the PTAI spacecraft. 

Fig. 45. Solar panel deployment test setup 

D. Solar Panel Transporter 

The spacecraft solar panels were shipped in special 
four-wheeled transport trailers (Fig. 46), which could be 
towed by standard vehicles, that were used for transport- 
ing the solar panels about the Laboraton, to and from 
vendors. to the special solar panel test site. and to 
Cape Kennedy. 

The transport trailer enclosures were fabricated of a 
sand\vich aluminum structure. The core material \vas 
foam-in-place polyurethane. The trailer featured a fiill- 
lvidth rear door for eaqy access to the panels. Four qolar 
panels in their handling frames could lie moved inside 
the enclosure on special support racks; these racks sup- 
ported the panels during transport and storage, and 
enabled exterior uriloading of the panels. 

. . L a ,  

4’- .__ 

Fig. 46. Solar panel transporter 

The trailers were designed to meet the temperature 
and humidiv portions of the environmental specifica- 
tions for a typical spacecraft component shipping con- 
tainer. The vibratory design philosophy consisted of 
developing a trailer and suspension system that would 
isolate the panels from all significant structural road 
shocks. To accomplish this, the enclosure was mounted 
on a special tandem suspension system with a nonlinear 
deflection cur\re. This suspension system along with low 
pressure tires eliminated the posibility of the enclosure 
from “bottoming out” during high transportation impacts. 

Becauqe of the particular function and character of the 
solar panel transporter shipping container, a special 
dynamic qualification test \vas conducted. *4n instru- 
mented type-approval celled solar panel was mounted 
in a trailer and driven acros country. The route included 
a number of specific road and driving conditions. I t  was 
concluded from the panel electrical performance after 
the test and from test \ibration data that the transport 
trailer. when under eytreme road and/or drilring condi- 
tions. effectii-ely isolated the solar panels from the trans- 
porta tion en\.ironm en t. 

E.  Boost Dampers 

Ihr ing  the development of the J l a r i n c r  IIars space- 
craft, it became clear that the solar panel iveight ~vould 
be e\;cessi\-e if J f u r j w r  \‘enns 1962 type panels were 
used. Because of their location on the spacecraft. it 
a p p i r e d  that the 3iars panels would ha1.e to n-ithstand 
inore \.ibration than the Jlarincr  Venus 1962 panels; !.et. 
because the Mariner Ilars 1964 needed more panel area 
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per spacecraft pound, heavy panel construction led to 
an unbearable penalty in overall spacecraft weight. 
These “facts of life” resulted in the use of an unconven- 
tional damped-strut support system for the panels, which 
protected the panels from vibration and allowed a very 
significant reduction in their weight. 

The prototype panel was built on a very low budget 
out of thin-gauge aluniinum honeycomb construction. 
Each damper was composed of two concentric tubes and 
a 2-mil annulus filled with hydrocarbon grease. By using 
this test hardware, design feasibility was verified in 
time to affect the flight spacecraft. 

Concurrent with tlie development of the solar panel 
damped support system, another use of a heavily damped 
structure was investigated. In this case, not only weight 
but also space limitations required a very tall, slender 
structure for the low-gain antenna support. This struc- 
ture was 7 ft tall and 4 in. in diameter. Supported by 
conventional techniques, it would have developed tip 
excursions in excess of 10 in. during spacecraft vibration 
qualification, and would have induced excessive loads 
into tlie spacecraft upper structure. A damped support 
system was proposed for thc control of this slender struc- 
ture, and su1)sequcnt testing indicated that the damped 
support system would reduce the structure’s loads and 
excursions by a factor of more than 20. The tests were 
conducted on a thin-walled aluminum tube supported 
by concentric tube dampers described previously. A 
variation-of-damping-coefficient test series revealed that 
the structure’s resonant behavior was highly insensitive 
to variations in damping. 

From the tests descrilxd above, it was concluded that 
the use of damped structurc,s would result in  largcl sav- 
ings of structural wcight, and would allow the use of 
a desirable, lightwciglit, slendcr, low-gain antenna sup- 
port structurc. 

1. Functional Description 

a. Solar pnnel boost dampers. The solar panel boost 
dainpcrs positioned thc solar pan(’l during ground opera- 
tions and during the boost phase of thc, mission, and they 
reduced the dynamic c~nvironnient ;is s w n  l ~ y  the solar 
panel. Shortly aftcr tlic spacecraft was separatcxd from 
tlie boost \~ehiclc, thc panels wcre dcployed by releasing 
one cnd of cach of two dainpers from the patiel. Oncc 
the panels wcw deployed, the dampers served no further 
useful function. The solar panel, damper, and super- 
structure geometry are shown in Fig. 47, which illus- 

Fig. 47. Solar panel damper configuration 

trates two sets of development solar panels and dampers 
undergoing a simulated shroud-impact test. 

The damper, which consists of two spring-centered 
conccntric tubes with the annulus filled with a silicone 
fluid, is attached to tlic superstructure at one end with 
an adjustablc~ mono1)all rod end, and is attached to 
the solar panel by inems of a pyrotcchnic pinpullcr. Thc 
adjustable rod cnd is used to provide solar panel align- 
ment adjustment. The damping constant for these damp- 
crs is a nominal 15 lb/in./sec, a value chosen on thc 
basis of test and analysis of the solar panel structnrc‘. 
Thc nominal spring rate of the damper is 185 Ib/in., a 
value dc+mnincd by the static side-load criteria and tlw 
dynamic envelope of the spacecraft. I h c  to the mount- 
ing geometry of the clanqxars, both a right-hand and 
Icft-hand dampc~r arc pro\ded for cach solar panc.1; til(’ 
only differcncc Ixtween the two is in the pinpullcr 
mounting bracket at the upper end of  the dainper. 

b. Low-gain antenna dampers. The low-gain antenna 
dampers position the low-gain antenna at all times, and 
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reduced the dynamic environment as seen by the low- 
gain antenna during the boost phase. The low-gain an- 
tenna and associated damper geometry are shown in 
Fig. 48, which illustrates the TA antenna unit under- 
going a shock test while being supported by- two devel- 
opment dampers. The short antenna damper is attached 
to a clevis on the superstructure ring, and the long 
antenna damper is attached to a bracket that is fastened 
to the bus structure at  one of the solar panel hinge 
rod ends. 

NiCAL REPORT NO. 32-740 

As is the case with the solar panel dampers, the low- 
gain antenna dampers consist of two spring-centered 
concentric tubes with the annulus filled with a silicone 
fluid. Due to the mounting geometry, the short and long 
dampers have different damping and spring constants: 
however, the damping-force and spring-force compo- 
nents of the two dampers, in a plane perpendicular to 
the antenna, are equal. 

The nominal damping rate of the short damper is 
5.5 lb/in./sec, and the nominal spring rate is 160 Ib/in. 
The nominal damping rate for the long damper is 
11 Ib/in./sec, and the nominal spring rate is 320 Ib/in. 
The two dampers are attached to the antenna in such a 
way that their center lines intersect. This prevents 
additional bending and torsional loads from being 
devejoped. 

2. Design Evolution 

Since the solar panel boost dampers and the low-gain 
antenna dampers differ only in envelope constraints. 
the following discussion. while referring specifically 
to the solar panel boost dampers, also applies to the low- 
gain antenna dampers. In arriving at a final damper 
design, a large number of constraints n.ere considered. 
Among these were: functional requirements, envelope 
constraints, Lveight limitations, strength and stiffness re- 
quirements. thermal constraints, and material constraints. 

a. Ftrnctional design. The first problem that had to be 
s o l \ ~ ~ I  in the damper design was selection of the damp- 
ing fluid. In sc>lecting a fluid, a trade-off had to be made 
between the shear-rate effects of a fluid and the tein- 
perature effects. Typical hydrocarbon oils and greases 
sho\ved decreasing 1,iscosity changes on the order of 
10 or 20 o\-er reasonable temperature operating limits. 
wh i 1 e t >-p i ca 1 si 1 icon e f 1 u i d s (met h y 1 - p o 1 y s i 1 os an e s ) 
shon-ed decreases on the order of 2 over the same tem- 
perature limits. The dami~ed-structure feasibility tests 
demonstrated that changes in damping on the order of 2 
could be tolerated without noticeable effects. On this 

Fig. 48. low-gain antenna damper configuration 

basis. primarily, a silicone fluid was selected for the danip- 
e n .  ,idditional considerations in selecting this fluid 
were its excellent high-temperature stability and its \'cry 

low vapor pressure. 

To obtain the desired damping rates, a highly viscous 
fluid with a nominal kinematic fluid v a s  required. 

Iiscosit). of 500.000 cs ivas selected. 

The damper is nonlinear in behavior; in fact, the 
damping force will be proportional to the square root of 
the velocit!.. For the solar panel boost dampers, the fol- 
lon.ing dimen~ions n w e  selected 

13 = 0.567 in. 

L = 9.36 in. 

1 = 0.005 in. 

.I velocity of 10 in./sec yiclded a damping coefficient of 
16.6 Ib-sec/in., Ivhich was close to the  nomina^ rate 
of 15 Ib-sec/in. that was specified early in the program. 
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The annular clearance was a very sensitive parameter 
in the problem, indicating that close tolerance control on 
this dimension was warranted. If the annular clearance 
changed from 0.005 to 0.006 in., then the damping coef- 
ficient at 10 in./sec changed from 16.6 to 15.2 111-sec/in., 
and a decrease of the annular clearance to 0.004 in. re- 
sulted in a damping coefficient at 10 in./sec of 
13.2 Ib-sec/in. The damping coefficient was 

which, at 10 in./sec, is 14.4 111-sec/in. 

b. Detail design. The materials used in the design of 
the dampers were all common spacecraft materials. The 
damper tubes were an anodic hard-coated aluminum 
alloy. The damper spring was fahricated froin lxryllium 
copper spring stock, and the damper spring plngs were 
fabricated from magnesium alloy. The various tube cncl 
fittings were also fabrieatcd from the s a m c  magnesium 
dloy. The fluid sealing devices were a coin1)ination of 
O-rings and teflon slipper seals. The various components 
were assembled with a coininon two-part heat-cured 
epoxy. 

Fig. 49. low-gain antenna short damper assembly 

1 1 0  

A mylar boot was bonded over the spring assemblies 
on each end of the dampers to prevent potential out- 
gassing of the damping fluid in case the sealing device 
leaked. The internal volume of the damper was vented 
through a hole, which was directed away from any part 
of the spacecraft, to prevent a buildup of internal pres- 
sure during the boost phase of the launch that would 
tend to cause seepage of the damping fluid past the 
seals. With thc exception of the short low-gain antenna 
daniper, which was always in the shade of the high- 
gain antenna, thc dampers were painted with tempera- 
turc control paint to ensure their coo1 tcmperaturc. This 
also hnd the effect of maintaining a low vapor pressure 
i n  the tlamping fluid. 

Figure 49 is a schcmatic drawing of the short low-gain 
antcnnn damper. Figurcs 50 and 51 show the completed 
flight-type dampers. I t  should lie noted i n  Fig. 51 (b) 
that over half of the length of the damper is merely 
a tiibe to provide the required length to the damper. This 
tulic, was fabricated froin unidircctional-filnmcnt epoxy 
fil)c&iss cloth, which providcs a lightweight structure 
;ind a very low heat conduction path into the space- 
craft bas. 

3. Fabrication 

All damper piece-parts were fabricatcd by local ven- 
dors on firm fixed-price contracts. Upon receipt from 
thc vcndor, the parts underwent all the necessary inspec- 
tion proccdurcs to ensure cornpliancc with the applicablc 
spccifications. Accepted parts werc placed in bonded 
stores pending assem1,ly operations, and rejects were 
rcturned to the vcndor. The actual ;isscml)ly of the 
dampcxr was perfornicd by JPL technicians under closc 
monitoring of the JPL cognizant cwginec>r and JPL 
Quality Assurance personnel. 

Tlic first steps in the assembly opc~rations were to p i t  
together the piston sul,asscwil,ly, thc cylinder su1)asscm- 
hly, and the spring subassembly. Thc spring su1,asscwil)ly 

0 I 2 3 4 5 6 
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Fig. 50. Solar panel boost damper 
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Fig. 51. low-gain antenna dampers 

\vas assembled liy screwing the two spring plugs into 
the spring until the proper spring rate was achieved. Thc 
next step \vas to fill the damper with the damping fluid. 
-4t tlie completion of the filling operation, the damper 
\vas tested for proper dainping properties. If the test 
shmved that the damper was not filled properly, the 
cfaniper w a s  pulled apart. cleaned. refilled, and retested. 

The final assembly operation consisted of bonding the 
spring assembly on the damper, applying the tempera- 
ture control paint Lvhere required, and installing the 
mylar boot over the spring assembly. -After final cleaning 
operations, the dampers ivtre packed in shipping con- 
tainers (Fig. 52) pending final testing oper a t '  ions. 

4. Testing 

a. General festing. The testing prograni for tlie boost 
dampers consisted of both frinctional ,\nd environniental 
testing. Functional testing \vas performed during the 

assemldy operations to ensure a properly assembled 
dainper. This phaw was followed by environmental 
testing, \vhich 1v;is also follo\ved by a complete set of 
functional tests prior to SAF delivery. In addition to 
the functional testing described in this section, numerous 
fiinctional tests in\-ol\ing the boost dampers were per- 
formed in varioiis phases of development and qtialifica- 
tion testing of the spacecraft; these were the STbl 
\.ibration test series. the PTlI viliration test series, the 
solar panel \-ibration tests, and the low-gain antenna 
\ibration tests. 

1). Firncfional testing. The functional testing of the 
boost danipers consisted of measuring the spring rate 
and the damping rate for the damper. The spring 
rate mcasurenient \vas performed on the spring (1) as 
received from the vendor, ( 3 )  at the snbnssemhly Ic\.el 
\s.itli the spring pluo,s installed. and (3) on the complcted 
damper after environmental testing. Figure 53 sho\vs a 
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spring subassembly mounted in the damper spring rate 
tester. This device consisted of a load cell, a means for 
deflecting the spring, and a dial indicator for measuring 
the deflection of the spring. \Vith minor adjustments, this 
device was used for all the spring-rate tests indicated. 

Fig. 52. Shipping container, solar panel boost damper 

A contract was made to develop a damper test ma- 
chine to JPL specifications. This machine was to consist 
of a variable speed, variable displacement, scotch-yoke 
driiie capable of a frequency range of 0 to 70 cps, and a 
displacement range, depending on the particular fre- 
quency, of t0.025 to +0.250 in. Figure 54 illustrates 
a solar panel boost damper mounted in the test machine 
developed. Figure 55 shows the test and control console 
used with the tester during the damper test program, 

The test and control console provided a programmed 
speed control signal to the test machine that, in con- 
junction with the preset displacement of the test ma- 
chine, provided a programmed sinusoidal velocity to the 
dampcr. The sinusoidal force signal was passed through 
an rnis converter to obtain a dc signal to drive an xy 
plotter. The resulting plot obtained from this test setup 
was the rms damping force vs peak sinusoidal velocity. 
The test console also contained an oscilloscope for wave- 
form monitoring and a phase meter to determine the 
phase angle of the damping force relative to a velocity 
or displacement signal. Figure 56 shows a characteristic 
damping curve for the solar panel boost dampers. The 
curves for the low-gain antenna dampers are of the same 
shape but of different amplitude. 

c.  Environmental testing. The damper TA environ- 
mental testing consisted of vibration testing, shock test- 
ing, centrifuge testing, thermal-shock testing, and 
thermal-vacuum testing. No problems were encountered 
in the TA test program. 

1 1 2  

Fig. 53. Damper spring testing fixture 
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Fig. 54. Solar panel boost damper test machine 

The FA environmental testing consisted of vibration 
and thermal-vacuum testing. Late in the development 
program, se\,eral solar panel boost dampers were found 
to ha\ye damping curves slightly out of tolerance after 
environmental testing. In\-estigation showed that this 
change was a result of the thermal-vacuum tests. 
-4lthough the mechanism of the change was not defi- 
nitely established. it may- have been due to the outgassing 
of a low volatility constituent of the silicone fluid, albeit 
none was ever detected. Since the dampers had no func- 
tional requirements to provide damping after long 
vacuum soaks, the flight dampers were exempted from 
the thermal-vacuum test cycle. 

F. Solar Panel Actuation System and Solar Panel 
Cruise Dampers 

The solar pmels on Mariner were stowed in a 1 ertical 
position during launch and were deployed approximately 
90 deg after hooster scparation in order to expose large 
areas of solcir cells to ~unlight. The panels were held in 
their ston.ec1 position 11)- two boost dampers per panel. 
One end of the boost dampers \vas attachc,d to the sp‘ice- 
craft supcrstructure and the other end was attached at a 
point about onc-fourth of the way tip the panel. 

‘4 n explos i1.e - s qui\-, pin pidl er form e d th e interface 
betn-een the boost dampers and the solar pmels. After 
spacecraft sepclration from the Agctin, these pinpullers 
were actuated, allo\ving the panels to deploy to their 
cruise position. Once the panels were ‘It the cruise 

position, an additional requirement was imposed by 
the midcourse motor subsystem. To reduce panel flap- 
ping during midcourse motor burn, panel cruise dampers 
were required. Latches were also required to maintain 
contact between the panel and the cruise damper during 
the \&ration phase of the midcourse maneuver. To move 
the panels from the stowed to the cruise position, a 
solar panel actuation si-stem evolr-ed as a result of var- 
ious experiments and developmental tests. 

1. Functional Description 

a. Solar panel deployment system. The solar panel 
deployment system was used to n1oi.e the solar panels 
through an arc of approximately 90 deg from the 
latched to the deployed position. This was to be done 
at a controlled angular velocity unless analysis and 
testing showed it to be unnecessary. Switches were 
actuated by each panel to indicate, i.ia telemetry, thdt 
each panel had deployed. The switches were installed 
so that they closed momentarily to prei,ent blocking 
the data encoder registers from subsequent events. 

b. Cruise dampers. The cruise dampers sen-ed three 
di5tinct functions during the flight: (1) they arrested 
the deployment motion of the solar panels; (2) they 
po5itioned the panels throughout the flight; and ( 3 )  they 
provided a specified dynamic coupling between the 
spacecraft b u s  and the solar panels. 

The first function required that the kinetic energy 
of the niojing solar panel be removed in such a \yay 
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Fig. 56. Solar panel boost damper rms force vs 
peak velocity 

The dampc~r and latch system, which evolved as a 
rcsiilt of thc; a1)ove functional requirements together 
with othcr spacecraft requircwwnts, was ;I small hydrau- 
lic “dasli-lx)t” iiiounted to thcl upper right-hand comer 
o f  c ~ ~ c h  of thc odd-num1,ercd electronic cascs. A mating 
latch was mounted on tlic riglit-hund spar of cacli 
eorrcyonding solar paiit,l, ;IS shown in Fig. 57. 

2. Design Evolution 

a. Solar panel deployment methods. Thc tcchnique of 
solar p;mcl dcployment for the Rnngcr. mid Afarincr. 
Venus 1962 spicecraft was a hydraulically damped 
liiiear actuator. The cntire unit was self-contained, with 
a compression spring supplying the force to n pus11 rod. 
Tlic damping was accomplished by pushing silicone 
fluid through an adjustablc orifice; the orifice size 
dc~trwnincd the paiiel deployment times. The units wcrc 
similar to a convcw tiorial automotive shock a1,sorl)er 
in both nppearancc and size. 

A t  the outsct of the program. therc W;IS mi~ch concern 
over this type of  lincar actuator. It was feared that the 
silicone fhiid woulcl leak out of thc actuator during 
thr long spacc flight (S+ months), contaminating the, 
sp;wvcr;ift teinpcratiirc~ control siirfaccs and  thc optical 
instruincnts. The lincar motion of such an actiiator WAS 
h a r d  to seal f rom the start, and the effect of long 
cqx)siirc’ to s p i c c ~  cmvironmcmt on the scals \vas not 
kiionw. A prograni W;IS startctl to dcsign and dc\~c~lol’ 
;I solar p;~ncl actuator that woiilcl rcdricc. thc 1)rolxIl)ility 
of coiitaminatiilg thc spaccwd’t with oils or other forcigir 
inatcrials. 

Torsion-bar ~ c t i i ~ t o r .  The> first dcsign conccpt ~ 0 1 1 -  

sidcrcd was a torsion-lxir actuator (Fig. 58),  which u s d  
a l)c,rylliuin copper torsion l iar to supply the dcploymc>nt 
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Fig. 57. Cruise damper installation 

Fig. 58. Torsion bar solar panel actuator 

torque and a centrifugal friction brake to retard the 
motion and maintain the panel deployment at a constant 
angular rate. The torsion bar was 11 in. long and 
0.187 in. in diameter. One end of the bar was attached 

to the solar panel an1 the other end w a s  attached to 
the spacecraft lius. A step-lip planetary gear box and a 
centrifugal friction brake (similar to the technique used 
in telephone dials to control the dial angular wlocity 
when released) were oriented lxirallel to the torsion liar, 
with one end anchored to the spacecraft bus and the 
other to the solar pmel. \\7ien the panels \Yere first 
released, the panel angular velocity \\-as low and the 
friction brake had no  effect. ;Is the panel rate increased. 
howei-er, this \-elocit)- \viis multiplied through the plan- 
etark- gear stage. The excess centrifugal force then caused 
friction pads in the brake to contact a lining. Thus, the 
panel deployment velocity was held constant by the 
friction damping. 

Central retarder. Because weight w a s  an important 
factor. another design \\'as sought that \votilcl accoin- 
Idish the solar paiwl deployment. but nith a lighter 
weight niechanisiii than the 4.5 111 allocated for the 
torsion-bar actuators. It \vas theorizcd that the panels 
could be indi\.idually actuated with torsion liars or 
other devices, and that all panels could be retarded b y  
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one central retarder. Such a system had several advan-

tages; one included the increase in overall reliability by

the reduction of the number of separate subsystems and

components.

A design finally evolved that used two negator leaf

springs at each panel hinge and a central hydraulic

retarder (Fig. 59) mounted on the superstructure under

the high-gain antenna. A cable was attached from
each of the four panels to the retarder. The retarder

was designed to allow the four panels to open simul-

taneously in approximately 45 sec. The retarder assembly

was a hydraulic vane torque motor that developed

resistance to motion by forcing fluid from one side of

the vane to the other through a tapered orifice. The

tapered orifice had an adjustable needle valve to vary
panel opening times. A check valve was included to

allow quick return during checkout operations.

A clock spring was connected between the retarder

vane and the case to provide a torque to rewind the

retarder during checkout operations, and to keep the

cables to the panels taut during the boost portion of

flight.

To overcome the contaminating effect of leaking hy-

draulic fluid, it was first decided to use alcohol as the

working fluid. During development phases, however,
it was found that the low viscosity of alcohol required

extremely close fits and tolerances in the retarder, and
the alcohol was discarded in favor of silicone oil. Larger

clearances would reduce the probability of the retarder

binding or seizing. (The total weight of this new system
was estimated to be 3.5 lb, or a savings of 1.0 lb over

the torsion-bar actuator.) In addition, the rotary seal
is much more reliable than the linear seal that was

used on the Ranger and Mariner Venus 1962 actuators.

At first, the panel deployment was to be accomplished

by the use of two negator leaf springs on each panel.

Two springs were used for redundancy; one spring pro-

vided sufficient torque (12.5 in.-lb) to deploy the panel

if the other spring should become inoperative. The

leaf springs worked over a 1.250-in.-diameter segment

8

\
Fig. 59. Central solar panel retarder
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of a drum attached to the bus in the solar panel hinge

area. The other end of the leaf springs worked over a
0.250-in-diameter roller cantilevered on one side and

attached to the solar panel spar. Several problems were

uncovered with the leaf spring configuration when the

prototypes were built and assembled. Several parts were
overstressed, which resulted in excessive deformation.

A later design used two clock springs per panel, one

on each side of the panel spar. The outside of the clock

springs was anchored to the bus, and the inside of the

springs worked on an arbor that was pinned to the

solar panel spar and worked over the panel hinge bolt

(Fig. 60). The springs were made of Elgiloy to meet

the magnetic requirements.

C--'_ / //_fCLOCK SPRING

/ t;

iS

SPRING ARBOR\ _-SPRING ARBOR

/l,,// ,._SOLAR PANELOPEN SWITCH

_.j ___. ANDCIRCUITRY

ST(_WEDPOSITION

BUS UPPER--__RING

SOLAR PANEL

Fig. 60. Deployment spring installation

A complete series of panel deployment tests (described

below) indicated the following problems with the design:

1. The retarder rewind spring was too strong at the

end of the panel stroke

2. The panel deployment springs were too weak at

the end of the panel stroke

A program was then begun to solve these problems.

A spring-loaded ball detent was designed to hold the

retarder in the cocked position. The detent travel was

limited, and the striker plate was sloped so that no

force was absorbed in sliding the ball over a plate once

sufficient force was applied to release the detent. Vibra-

tion tests were performed to make certain that the

whipping cables would not generate a force high

enough to release the retarder detent and allow the
retarder to unwind.

The panel deployment torque was also increased from
the nominal 25.0 to 40.0 in.-lb. This increase was accom-

plished by the addition of two more clock springs per

panel, which resulted in four springs per panel. Although

30.0 in.-lb was deemed sufficient to do the job, an addi-

tional clock spring was installed for redundancy. The

changes to the retarder and to the panel deployment

springs were shown to be sufficient.

Free-Jail (unretarded) systems. As a backup effort to

the central retarder panel deployment system, a second

design approach was considered that saved weight and

increased the system reliability. The retarder was re-

moved from the spacecraft, which allowed the panels

to free-fall to their deployed positions. The actuation

system had to be modified slightly for the free-fall panel

system. The spring output torque was 25.0 in.-lb nominal

for two springs, and was increased to 40.0 in.-lb with

four springs to offset the retarder torques. For the free-

fall system, however, it was necessary to reduce the

torques to less than 20.0 in.-lb to prevent excess panel

energy when the panel fully deployed. The original

two-clock-spring configuration was revived for this

design; the only modification required was to wind the

springs only one turn instead of two turns. The torques

obtained were 18.0 in.-lb at the panel stowed position

and 15.0 in.-lb at the panel deployed position. With

only one spring operating, the torques would be half

of the above values. The effect of the free-fall system

on the cruise dampers will be discussed later. The free-

fall system was not selected initially because of the

uncertainty that the delicate solar panel structure and

cells would survive a free-fall deployment.
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Solar panel open switch. The mechanization of the 
solar panel open switch was basically the same for all 
the panel deployment schemes considered. A micro- 
switch was used with a beryllium copper leaf-spring 
actuator. The spring and actuator were mounted on the 
panel deployment spring bracket. The switch actuator 
spring was positioned so that the edge of the panel spar 
first closed the circuit at a panel position of 30 de3 
from the deployed position. At about 15 deg from the 
deployed position, the edge of tlie pmel passed by the 
leaf spring, allowing the microswitch to reopen (Fig. 61). 
In a failure-mode analysis, it was determined that a 
failure of the switch circuit to reopen was fairly signifi- 
cant. A closed circuit, as statcd liefore, would block the 
data encoder register from recording any subsequent 
events. As a 1,ackrip for the mechanical reopening of the 
switch, it was dccided to place an RC parallel network 
in series with the microswitch. In the event tlic switch 
failed to reopen, the capacitor would charge at a rate 
determined by the time constant. \Vhen chargcd, the 
capacitor would then act as an open circuit, allowing fu- 
ture evcvits to lie rccord(d on that data cmcodcr channc.1. 

b. Solar panel cruise dampers. The fiinctional require- 
incnts of thcb cruisc danipcr that have alrcady hecw given 
wcre for thc crriisc damper "as flown." Until the frcr-fall 
con cc p t was i m pl cwi en t c d , t 11 e crii is e d a in per I1 ad II o 
requirement to arrcst thc panel motion, so that tlic origi- 
nal requirements were only to position the pawl and 
provide a specified dynamic coupling lietwcwi the panel 
and the lms. However, the requirements for ;t specificd 
dynamic coupling, which are due to autopilot rcyuire- 
ments, were originally much more severe than the 

Fig. 61. Solar panel open switch and flight cruise 
damper installation 

requirements to which the final dampers were designed. 
Figure 62 shows the Mark I damper originally designed 
for the Mariner Mars 1964 spacecraft. The task to be 
accomplished was to provide four dampers (when 
mounted on a spacecraft with the spacecraft in any 
position with respect to the Sun) with damping, as 
specified, and matched to within 5% ?. Consideration of 
these requirements together with some simple analyses 
was enough to demonstrate that temperature excursions 
must lie held to the minimum possible, and that thcre 
must lie some type of tempcr"ture-compensated damp- 
ing. Analysis indicated that it would lic possible to keep 
tlie tcmpcmture of the damper to within a 30°F temper- 
atiirc range by slaving the damper temperature to the 
bus temperature and by proper shielding. To minimize 
the effect of this tcmperatnre range on the damping 
propcrties, the piston was made of nylon and the cylin- 
der was made of magnesium. The effect olitained by 
using these two different materials was that a s  the tcm- 
pcrature rose, the annular gap between the cylinder and 
the piston would decrease in a manner that could be 
i i s c d  to compcnsatc for thc decreasing damping-fluid 
viscosity. Upon consideration of tciiiperatiire-viscosity 
relationships for many fluids, it was clenr that perfcct 
compeiisation was not practical. Thc rqiiircmci1t that 
thc (lainping fluids have a very low wpo: pressure (to 
rcducc, thc chance of containination of the spxwraft)  
and ;I small viscosity change with tcinlicratiirc led to 
the sc.lcction of  a silicone fluid for thc clamping mcdium. 
A silicone fluid was chosen after a series of tests; the: 
viscosity of this fluid was 1000 cs. 

n COMPENSATOR PISTON 

Fig. 62. Mark I solar panel cruise damper 
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The piston centering springs were of coni.entiona1 
compression-spring design and were fabricated from a 
commercial nonmagnetic spring alloy. The damper shaft 
was fabricated from a titanium alloy. The selection of 
the titanium alloy resulted from a requirement for a 
high-strength, nonmagnetic, lightweight metal with low 
heat conduction properties (to prevent heat flow from 
the back side of the solar panel through the damper). 
The O-rings used as seals were fabricated from a ma- 
terial that had proved to be a very satisfactory seal 
for spacecraft use. The top and bottom caps and the 
compensation piston were fabricated from aluminum 
alloy. For temperature-control purposes, the magnesium 
damper body was gold-plated and polished. As a pre- 
caution against potential rubbing between the titanium 
shaft and the aluminum top cap, the shaft was coated 
with a baked-on dry lubricant. 

In order to provide damping to the panel in the 
deployed position, it was desirable that the panel latch 
to the damper as it opened. The nominal requirements 
for a latch of this type were that it need a very small 
engaging force, a relatively high retraction force, no 
backlash, and ease of operation during ground opera- 
tions. 

After investigating a large number of possible latch 
types, a collet-type latch was designed. This consisted 
of a beryllium copper collet that was mounted on the 
end of the damper shaft and that accepted a probe 
from the deployed solar panel. As soon as the collet ac- 
cepted the probe, a sleeve on the probe dropped over 
the collet to lock the latch. The most difficult obstacle 
to surmount in this particular design was the fact that 
two mating parts did not engage along a tangent to 
the panel deploy arc, resulting in a transverse component 
of motion during the engaging operation. Due to the 
constraints of the spacecraft envelope existing at that 
time, there was nothing that could be done to eliminate 
this problem except to carefully adjust the latch on the 
spacecraft. The damper and latch asseml~ly (Fig. 63) 
Lveighed 0.15 Ib, which \vas within the original weight 
allocation for this delrice. 

IVith the decision to proceed with a free-fall panel 
deployment system, it became imperative to redesign 
the cruise damper system (Jlark 11). Becauw this deci- 
sion was made veq- late in the program, only the most 
necessary changes could be incorporated. The mandatory 
change was to provide sufficient stroke (i.e., energy dis- 
sipation) to the damper so that it would not bottom-out. 
thus preventing shock loads from being transmitted into 
the bus or the solar panel. The biggest question that had 

Fig. 63. Mark I solar panel cruise damper and 
latch assembly 

to be answered was whether or not the damping require- 
ments were compatible with the retardation requirements 
for panel deployment. 

The maximum stroke of the damper was limited by 
interface constraints between the solar panel and the 
bus. The spring rate of the damper springs was deter- 
mined by the panel frequency requirements. IYith these 
parameters defined, or at least bounded, an analysis of 
the panel deploy dynamics was performed and the sys- 
tem requirements were found to be reasonably compat- 
ible. To implement the system, it was necessary to ask 
for a change in the panel damping requirements from a 
damping ratio of 0.6 to 1.0 matched to S:;, to a ratio 
of 0.15 to 0.70 matched to within 0.1. An analysis of 
the p"nel-to-daml>er latching sequvnce indicated that the 
small trans\.ersc, componvnt of motion during the latch- 
ing operation, n-hich occurred in the previous design. 
nould be intolerable in a damper design having a longer 
stroke. To renin\-e the transverse latching motion compo- 
nent, it proved necessary to tip the damper about 16 deg 
with respect to the mounting surface, so that the latch 
engagement sequence \vould take place along the tan- 
gent to the panel deploy arc. 

The requirement to tip the damper lvith respect to the 
bus forced a relocation of the compensating piston from 
the bottom of the damper to the top. Figure 6-1 illus- 
trates the niechanization of the compensation piston. If 
there had h e n  room to lea\.e it located at the bottom. a 
\-cry stiff spring would have becn required to prewnt 
it from mo\.ing in the same direction as the damping 
piston, \~h ich  ino\.rd downward durinl the retardation 
phase. It should be observed that in the >lark I drsign 
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Fig. 64. Mark II cruise damper, section view 

the compensator functioned only as a thermal-expansion 
compensator, but in the Mark I1 design it also functioned 
as a volume compensator for the piston-rod motion. 

As a result of the increased function placed on the 
Mark I1 cruise damper, the weight allocation was in- 
creased to 0.25 11) per unit, and the units as flown 
weighed 0.22 111. The weight increase is attributed to the 
increase in piston stroke froin 1k0.016 to +0.186 in., 
the larger centering springs, and the fact that the body 
of the damper was fabricated from aluminum instead of 
magnesium. Figure 65 (a) shows the Mark I1 latch just 
before the mating operation; the latch after completion 
of the mating operation may be seen in Fig. 65 (b). 

3. Fabrication 

a. Solar panel deployment system. The solar panel 
deployment system consisted mainly of piece-parts fab- 
ricated by vendors. Before assembly onto the spacecraft, 
each part was dimensionally checked and visu:illy in- 
spected by JPL Quality Assurance personnel. One item 
that did have ininor fabrication problems was the clock 
springs. The springs wcre made from material 0.025 in. 
thick. As originally sptlcified, the material \vas to h a ~ c  
been 70% cold-reduced prior to forming. This value of 
cold-reduction and su1)scqucnt heat treatment let1 to an 
ultimate tensile strength of 295,000 psi. I t  was found, 
howcvc>r, that thc 0.125-in. 1)cnd radii specified was too 
small, and material fractrire occurred during form a t '  ion. 
The cold-reduction was changed to 50: , resulting in ;I 

lower ultimate tensile strength of 230,000 psi, and the 
parts were formed to the original dimensions. The safety 
margin was still sufficiently large that no problems were 
encountered. 

Fig. 65. Mark !I cruise damper latch 

b. Cruise dampers. Mechanical inspection of the piccc- 
parts was provided b y  JPL Quality Assurance personnc.1 
after the vendors delivered the parts. Following accep- 
tance of the part by the cognizant JPL engineer and QA 
cngineer, the parts were' placed in bonded stores pending 
find assembly and testing. All of the parts of the Mark 11 
damper are shown in Fig. 66. The actual assc~m1)ly of 
the dampers and latches was performed by JPL tech- 
nicians under the supervision of JPL Quality Assurance 
personnel. The filling process was done in a vacuum 
environment to preclude the entry of air bubbles in the 
complete damper. The presence of a very small bubble 
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Fig. 66. Mark II cruise damper components 

would have been sufficient to change the damper prop- 
erties by an amount that is easily detectable in routine 
performance testing. Figure 67 shows two prototype 
dampers mounted in the filling apparatus after the 
iyacuum bell jar was removed. 

4. Testing 

a. Solar panel deployment system. The first tests to be 
performed on a complete solar panel deployment system 
involved the centrally retarded system. The ST51 space- 
craft was held by a low-level positioner, with the 

Fig. 67. Damper filling apparatus 

spacecraft X axis vertical. Panels were mounted on 
Bays I11 and VII, and a weight and pulley system was 
used to simulate the torque of the Bay I and V deploy- 
ment springs. (Figure 68 shows the Bay VI1 setup.) The 
weight and pulley system was designed to give a decreas- 
ing torque as the panel moved toward the de- 
ployed position in order to provide simulation of the 
deployment-spring torque curve. In addition, the weights 
hit limits before the two panels fully deployed. This left 
the two panels to pull against the retarder, a condition 
that was very likely to occur in flight; i.e., the proba- 
bility of all panels latching simultaneously was low. 

The retarder used in this test was a reworked unit 
that was flight-like except for the metering needle and 
rewind-spring adjustment. \\'hen it was found that the 
ability of the panel deployment springs to counteract 
the retarder rewind spring was marginal, the rewind- 
spring preload was decreased by unwinding the spring 
180 deg. The solar panels were equipped with dummy 
cells and gas-jet mass mockups, but no cabling or plumb- 
ing. The complete vane systems were installed on both 
panels, except that strings were substituted for the mylar 
vane covering to reduce air drag as the vanes deployed. 
The solar panels and the weights were released with a 
flight-type pyrotechnic subsystem as a check on that 
subs) stem. 

A second series of tests was conducted using the STM 
in the same manner as in the previous test. This same 
series of tests was also made on the centrally retarded 
system but included the modifications required as a 
result of the first tests (e.g., four clock springs, detent in 
the retarder). Only one panel was installed (Bay 111) 
and connected to the retarder. The weight and pulley 
system was not used, so the one set of panel springs had 
to deploy the panel as well as the retarder from the 
stowed to the deployed position. Although this was more 
than the springs were supposed to do, it was felt to be 
a worthwhile but consenati\Te test. The retarder was set 
for a nominal 20-sec panel opening time with all panel 
springs operating at 40 in.-lb. The spring torque was 
then set at 30 in.-lb to provide a worst-case test. The 
one panel \vas hand-released and all subsystems per- 
formed as designed. The panel spring torque was suffi- 
cient to release the retarder ball detent, to deploy the 
pmel, and to latch the panel at the end of the stroke. 
Ileploynient times were consistently 145 to 150 sec, 
udiich was considered normal for only one panel. 

In the third series of panel deployment tests, the STSI 
\vas again used but the panels were deployed unre- 
tarded. \\'ith a torque of 25 in.-lb per panel, the panel 
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Fig. 68. Solar panels before deployment test 

deployment time w a s  approximately 5$5 scc. The impact 
of the panel on the cruise damper caused the damper to 
bottom, but no visual evidence of yielding was noted 
either in the panel or in the cruisc damper. The cruisc- 
damper latch failed to latch the panel the first time, but 
latched the panel after the first bounce. This character- 
istic was later traced to faulty adjustment of the latch- 
cngaging parts. Thcrcforc, it appeared that this approach 
had a high prolxildity o f  working if the cruise danipers 
were reclesigncd to serve as panel catchcrs R S  well as 
flapping-modc dampers. 

A fourth series of tests was perforincd to vcrify thc 
analysis of thc unrch-clcd pmwl cleploymcnt systcm. A 
solar panel was inountcd to a rigid test stand with thc 
hingc axis vertical. A Mark I1 cruise damper was uscd. 
Compens:ition for gravity and air-drag effects \IUS accom- 
plishcd by tilting tho hingc axis 0.29 (leg and b y  biasing 
thc spring torqiies SO that opening timcs in air com- 
p i r c d  with nominal opening tinivs in a \xcllllln. Tn these. 
tests, thr panel was instrumented at critical points with 
strain gauges and/or accclerometcrs. Large spacccraft 
tip-off rates were sininlated by  increasing or decrcywing 
the panel dcploymcnt spring torque. These tests im-ifiecl 

that the frcwfall panel deployment systcm could he com- 
mitted to flight. 

b. Crtiise dampers. The tests to which the cruise 
dampcrs were subjected wcrc functional and cnviron- 
inc’n t a1 , The f 11 11 c t ion a1 t es t in g in  cludcd t c s  t s perf ormcd 
on tlw dainpcr itsclf and, nlso, tests i n  which the damper 
w a s  installrcl on the spacwraft. The cnvironmc~ntal tcsts 
wcrc opcr;itional systcm tcsts and will not 1)c~ discussed 
here. 

Tlic functional tcsts includcd a spring-rate c h c ~ k ,  which 
\\as iiscd t o  verify that thc spring rat(. of the complctcd 
dainpc~r \vas within spccifictl limits. Figiirc 69 shows a 
coinpletcd damper inoiintecl on the spring-rntc chcck 
iixturc,. This fixture \\’as also used to wrify that thc 
complrtcd dmnqwr WIS capa1)lc~ of tra\cling ovcr its 
spccificd strokc. 

Thc tl;uiiping-ratc and thv arrcst-rat(, tc’sts wvrc p ~ r -  
forincd on a pcndulum tcst fixture. The pendulum W M  
dc~signed to havc the samc moment of incrtia as a flight 
sohr  pnnrl. The damping rate was deterniined by  
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Fig. 69. Damper spring rate test setup 

mounting the damper and latch on the test fixture, dis- 
placing the pendulum a distance equal to the worst-case 
panel displacement, and then releasing the pendulum to 
obtain the damping decrement curve, which was re- 
corded on a plotter. The arrest-rate capability of the 
damper was demonstrated by displacing the pendulum 
a distance corresponding to the energy level of the panel 
deployment springs, and then releasing the pendulum to 
swing against the damper. It should be noted that one 
latch assembly was used on this test fixture for all 26 
dampers tested (about 300 simulated worst-case panel 
deployments). and that this latch was still operational 
at the end of the test program. 

The functional testing of the latch consisted of two 
mechanical tests to deterniine the latch-engaging and 
latch-retraction forces. These two tests were carried out 
on simple, deadweight testing fixtures. 

The cruise damper environmental testing consisted of 
thermal-vacuum and high-frequency complex-\\-a\.e test- 
ing for the FA tests. For type-approval testing, the TA 
damper was also subjected to shock. centrifuge. and trans- 
portation environmental testing. Each damper and latch 
assembly was checked by the magnetometer mapping 
facility prior to S.4F delivery, to be sure that the 
mapetic-field specification requirements had been met. 

G. Science Platform and Actuator 

1. Functional Description 

The objective of the science platform subsystem was 
to provide a gimbaled support structure for the planet- 
oriented science instruments capnhle of satisfying the 
pointing requirements of these experiments. In addition 

to the basic pointing-direction requirements, the plat- 
form subsystem had to satisfy other basic considerations 
such as structural and thermal compatibility, alignment 
accuracies, and Spacecraft System interaction require- 
ments. To establish design ground rules, the following 
basic functional definitions were generated. 

a. Payload definition. The planetary science and 
acquisition sensors consisted of a telekision subsystem, 
an ultraviolet photometer, a wide angle Mars seeker, and 
a narrow angle Ylars sensor. The total weight of the 
platform-mounted sensors was 11.5 lb. All sensors were 
to be mounted to provide parallel optical axes. The inte- 
grated package was to be located so that it would pro- 
vide an unobstructed field of view of the planet near the 
region of closest approach. The thennai environment 
had to be compatible with operating temperature ex- 
tremes of -20 and +40"C. 

77. Platform definition. To provide the necessary field 
of view and to be compatible with the basic bus struc- 
tural requirements, the science package was mounted 
at the bottom of the central cavity of the basic octagon. 
The pointing direction was chosen to be 120 deg 
from the Sun direction, with the scan axis parallel to 
the spacecraft Z axis. Scan freedom was defined as a 
1S0-deg motion about the scan axis centered in the pre- 
dicted nominal direction of Mars. This amount of scan 
amplitude \vas felt to be easily attainable without com- 
promise, and to more than satisfy the coverage required 
for a 3 D trajectory dispersion. 

Platforni alignment criteria were established to be 
compatible with reasonable manufacturing tolerances and 
yet not to compromise the instruments' pointing-direction 
accuracy. The ability to remove and replace subassem- 
blies without realignment of the assembly was also con- 
sidered. Distributing the tolerances among the various 
subsystems yielded a platform-to-bus alignment of 

1 deg, with a maximum error between science mount- 
ing planes of 0.1 deg. Mounting plane tolerance included 
any stand-offs required for electrical or thennal isolation. 

c. Acfuator definition. Since the actuator requirements 
\yere similar to those for the Mariner 11 radiometer actu- 
ator. an attempt \vas made to use as much of this design 
as w a s  applicable. In general, the motor and much of 
the gear train could he used, resulting in a po\ver input 
requirement defined as 26 \7 400 cps single phase. with 
a maximum power of 4 w. The output shaft character- 
istics were established as a single speed of 0.5 deg/sec, 
with an output-torque slip clutch limited to 40 in.-lb. 
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The choice of output torque was based on tests of the

Mariner II actuator capabilities and appeared to be more

than sufficient for the application.

d. Science cover definition. In addition to the basic

requirements for providing structural support and

articulation, a deployable cover was integrated into the

platform structure. The function of this cover was

(1) to provide protection for the sensor optics from

stray sunlight and micrometeorite damage during cruise,

and (2) to provide a light-source array, powered from

the ground umbilical, to check proper operation of the

science and acquisition sensors during system and on-

pad tests. Actuation of the cover deployment mecha-

nism was provided by the pyrotechnic subsystem, and

was sequenced to occur at the beginning of the en-

counter phase.

2. Design Implementation

a. Science plat[orm. Restrictions on the required field

of view and scan freedom limited the selection of pos-
sible structural configurations to that of a cantilevered

tube mounted in bearings to provide scan motion. A

machined, two-piece almninum instrmnent mount was

riveted to the overhung portion of the tube, and scan

motion was introduced through a splined drive link
located on the inboard end. The relative location of the

scan actuator and drive link was based on considerations

of cable harness routing to the science instruments. The

assembled configuration in cutaway view is shown in

Fig. 70.

Cable flexure across the scan joint was accomplished

by securing the cable on the bus structure to the actu-

ator end of the support tube and to the instrument

platform at the opposite end. The cable was then twisted

over the full length of the support tube (15 in.), which

provided low torque and reasonable resistance to abra-

sion. To enhance the low torque characteristics of the

cable routing, it was specified that teflon insulation be

used on all conductors, and that harness fabrication

be done with no twist imparted to the bundle. Twisted

pairs were allowed in cases in which signal noise could

be an overriding consideration.

To support the boost-environment loads, the scan tube
was sized at an outside diameter of 3.00 in. with 0.060-in.

walls, thereby giving a first-mode bending frequency of

approximately 80 cps. Torsion loads were supported

through a single pinpuller latch located immediately

below the lower bearing mounted to the H-frame struc-
ture. A check on the effect of latch stiffness and tube

size on torsional frequency modes demonstrated a first-

mode torsional resonance of 150 cps. The resulting input
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to the science instruments was considered to be suffi- 
ciently below the first critical frequency of the instru- 
ments to avoid any problems. 

To provide the critical alignment between instruments. 
the platform structure was designed as a one-piece ma- 
chining, with all bulkhead mounting planes parallel. 
Each instrument attach point was a raised boss that, 
after final assembly and stress relieving, could be faced 
off to the required 0.1-deg mounting plane tolerance. 
\f’here electrical insulation was required at the interface, 
0.003-in.-thick mica washers were found to exhibit 
enough uniformity and lack of compressibility that 
alignment was not affected. 

The bearings selected for use on the scan platform 
were of the sleeve-liner type, with the liner material a 
teflon-filled asbestos. The notable characteristics of this 
material are good dimcnsional stability, low coefficient 
of friction, and high compression strength. The compres- 
sion strength is on the order of 20,000 psi, and the mode 
of bearing failure is of plastic deformation rather than 
delamination or spalling, which could cause shaft seizure. 
Diametral bearing clearance was established as 0.002 in., 
and was based on anticipated temperature gradients 
across the joint and consideration for the resulting non- 
linear response of the system to vibration input. Axial 
loads were remoi.ed through the flanged lower hearing, 
and an end play of 0.0005 to 0.0015 in. was set during 
membly by the use of peelable shims. 

As eventually defined, the temperature requireincnts 
of the platform-mounted instruments were somewhat 
compatible, allowing them to be handled as a uniform 
temperature assembly. Since the required environment 
\\.as much the same as the basic spacecraft, the 
atteinpt was made to thermally couple the science plat- 
form to the much larger thermal mass of the bus. .4s a 
result of the poor conduction path through the scan 
bearings, radiation transfer had to be relied upon almost 
entirely. As a first attempt, the 1-ft length of scan tube 
through the center of the bus was black-anodized, as was 
the support structure on the bus. ,411 external surfaces 
on the science instruments and science platform were 
polished or gold-plated to reduce heat loss. The resul- 
tant temperature halance of the instruments appeared 
some\vhat marginal. so it \vas decided to enclose thc 
entire package in an insulated turret shell that rotated 
n.ith the platform. \17ith the science packages painted 
black and open directly to the interior of the bus, radia- 
tion transfer \vas greatly improj-ed. The resultant con- 

Fig. 71. Platform installed with turret shield 

figuration as assembled on a flight spacecraft is shown 
in Fig. 71. 

The platform could be installed kvith or without the 
science instruments attached. The installation sequence 
consisted of inserting the platform tube through the 
l o ~ r  bearing while feeding the complete harnes5 assem- 
bly ahead of it. The platform was then aligned and fixed 
in place by installing the split-cap bearing. Engaging the 
pinpuller latch automatically positioned the platform 
rotationally, thus allowing installation of the prealigned 
actuator. Instruments, science cover, and thermal shields 
could then be attached \\.henever systems checkont was 
required. 

b. Scan actuator. The early concept of the science 
planetary scan subsystem consisted of an  integral 
science-instrument support platform and a scan actuator. 
This configuration would have made it possible to re- 
move the scan platform and actuator as a unit. As the 
requirements became better defined. it \vas obvious that 
the amount of cabling required for the science instru- 
ments could not be controlled by a senice loop at the 
base of the spacecraft. .4 scheme of routing the cablr~s 
down the scan platform axis tube was devised; this 
scheme required that the scan actuator be separated 
from the scan platform and be relocated on top of the 
primary structure. 
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-MOTOR 

-GEAR HEAD 

.SWITCH CAM 

Fig. 72. Scan actuator with cover removed 

The scan actuator (Fig. 72) consists primarily of a 
400-cps, 26-v, 8000-rpm synchronous motor and reduc- 
tion gearing to give an output speed of 0.5 deg/scc. The 
first stage of reduction (980:l) is achieved in a gearhcwl 
attached to thc motor. An additional 98O:l reduction is 
achieved cxtcrnal to the motor gearhead, using ;i mag- 
nc>sium housing iind standard gcaring tcchniquc,s. 

Thc scan anglc rcclnircd of the> actuator is t 90 tleg 
from a ccntcr position. A set of cam-operatecl micro- 
switcltes pu1sc.s the s c m  logic systcni at each limit, thus 
reversing the dircction of the scan. At cach limit thew 
are two microswitch,s: the first closes ;it the ir 90-tlcg 
limit, and thc second acts as a bncktlp and closes a few 
dcgrccs hcyond thc 90-dcg limit. The switches 11secl ;ire 
Iicwnetically scaled nnits capa1)Ic of operating in ;i 

vacuum. Tlw c m i  that opcratcs thc switches is an 
integral part of thc outpiit shaft and, thus, is not affrctctl 
by 1)acklash crrors in thc reductioli gc’nring. 

An ;ingular position indication is providcd 1)y coupling 
:I potentiomcter to the oiitput shaft throngh a stage, 
of antibacklash gcaring. The potentiometer is capable of 
reading over 345 dcg of rotation. In order to llse thr full 

rotation of the potentiometer for 180 deg of output 
shaft rotation, a 1.8:l stage of step-up gearing is 
provided. 

To provide engineering pressure and temperature in- 
formation, transducers were installed internal to the 
scan actuator. The pressure transducer was provided to 
indicate the effectiveness of actuator pressure seals. The 
;ictuator assembly was pressurized to 2 atm with dry air 
to eliminate the possibility of cold-welding compatible 
matcrials. Air was used because of its oxygcn content, 
which replaces the oxide coating on components as it is 
removed b y  operation wear. The temperature transducer 
was provided to monitor the internal actuator tcmpera- 
tiire during the flight cruise inode and to monitor the 
temperature rise during motor operation. 

A torque capability of 100 in.-11) at the actuator out- 
p i t  was possible from this motor and gear reduction; 
however, for operational reasons, a clutch was included 
i n  the final reduction stage and limited the torque to 
40 in.-11). The clutch design is somewhat iiniqiic in that 
it is cain-opcvxtcd and is not solcly depcnd(mt upon the 
1)reakaway and running friction coefficients o f  the clutch 
surfaces. As a result, the 1)reakawny and running torques 
arc nearly idcntical. 

The clutch plates are conical, and the outer plate is 
the gcw-drivcn clement (Fig. 73). When the clutch 
is slipping, the outer platc is frec to rotate about the 
output shaft. Thcl inner plate is spring-loaded against 
the outer plate and transmits the torqur from the outer 
driven plate to the shaft through the cam. The cain 
in this application consists of threr: %-in. balls cagcd in 
tlctcnts. \\’hen there is 1 1 0  torque being ;ipplied by the 
scm actwitor, tlic bnlls arc free i n  their dctents. As 
torquc is applied, thc dctcwt flangc on the oiitput shaft 
attcmpts to rotatc’ with rc’spcct to the inncr clutch plntc, 
thus transmitting the torque through the balls. \Vhcn thc 
resistive torque rcachrs 40 in.-lb, thc balls attempt to 
cain out of the dct(wts, coinpressing the springs loading 
tht ,  inncr clutch plate, and, thus, stpirating the clutch 
p1;itcs and disrupting tlic drive train. 

The 1 )carin gs 11 sed in thc act ti at or, w i tl1 thc caxccq~ t i 01 I 

of thv output shaft \)rishing, :ire plic~nolic scpar:\tor 
Class 7 ball harings. Each hearing and styxirator W:IS 

\.acrtuiii-iiiiprr,gii~ited with silicoiw oil. A torque tract of 
riicli 1)caring was rc~cluirccl from the vendor to ensure: 
100% inspection. To prcvcmt “Brinc~~ling” during vi1)r:i- 
tion, the lower cwd of thv output shaft was suplxxted in 
ii tcflon coinpound 1,ushing rather than on a IxiIl bearing. 
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OUTER CLUTCH PLATE \ /- 
D R I V E  GEAR 

BALL IN  DETENT 

TOROUE ADJUSTMENT NUT 

OUTPUT SHAFT BELL E V I L L E  LOAD I N G S P R IN G S 

INNER CLUTCH P L A T E  

Fig. 73. Scan actuator clutch assembly 

~ 

~ 

The output shaft was pressure-sealed by two viton 
quadrings spaced 0.050 in. apart. \f'hen coated ~ i t h  
silicone oil. the quadrings, with the void between them 
filled with oil, provided a labyrinth-type seal. The gear 
housing coj-er \vas sealed with i.iton O-rings around the 
electrical connector and housing separation plane. ,4 
glass-header type electrical connector was used to pre- 
vent leakage. 

c. Science cocer. At the time the science cover require- 
ment was established, detail design was greatly ham- 
pered because of the lack of definition of the instrument 
configurations. 24 platforin mounting interface was 
agreed upon, but the details of the optics for the TI- 
and wide angle sensor had only been narrowed down to 
four possible combinations. Therefore. if a cover were 
to be designed to meet the hardware deli\-ery schedule. 
the choice had to be made to either (1) proceed with the 
design of four separate coi-er assemblies. optimizing 
each one to that particular combination of instruiiients, 
or ( 2 )  pro\.ide a basic co\-er mounting plate sized to 
handle the envelope of configurations and to var>- only 
the :ittachments required for each instrunient. The sec- 
ond approach was the one selected. i2lthough the final 
asscinbly \vas not the most ideal. the design approach 
turned out to be fortuitous in that the wide angle seeker 
selected did not satisfy the original interfaces and the 
resultant effect 011 the co \w  design was liinited to a 
re\.ision in the one attachment. The cmx'r. a s  c~\.entually 
assemhled. is shown in Fig. 74. 

The requirements for the co\.er plate were that it be 
lightweight, that it pro\ide Iow heat loss, and. most 

Fig. 74. Science cover assembly 

important, that its beiiding be of such stiffness that 
h o s t  loads \vould not he ainplified through the cover 
into the optics assemblies. A honeycomb structure inher- 
cntly satisfied these criteria. and a 1,onded-nliimiiium 
honeyconih sand\vich \vas selected. It should be men- 
tioned. hon-e\.er. that the niimlx~r of threaded fittinss 
nc~cessary for this configuration tendcd to dcgrade the 
\veiglit/stiffness ratio considerably, with the resnltant 
striictural cfficicmcy being only slightly superior to niorc 
standard fabrication techniques. The niaterinls iiscd 
consisted of a 3/l6-i11. hexagonal honeyconil) cor<, mude 
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of 0.0007-in.-thick aluminum alloy. The cover sheets

were 0.004-in. aluminum alloy bonded to the core with

an adhesive and cured in temperature cycles up to
350°F. Another adhesive was used as fill in insert loca-

tions and around the edge of the plate.

The hinge bearings chosen were a stock item, threaded

shank monoball bearings, with a material substitution of

corrosion-resistant steel for magnetic considerations. The

monoball liner consists of a teflon-fiberglass weave of

the type successfully used on the Mariner II spacecraft

in a similar application. A bearing run-in procedure was
used to ensure low friction with 3 in.-oz, maximum

breakaway torque heing reasonably achieved. Alignment

of the cover hinge axis was easily accomplished by

threading the two monoballs in unequal turns, as re-

quired, during assembly.

Clock springs of 0.016-in. nonmagnetic spring material

were used to provide the cover opening force. Molyb-

denum disulfide dry lubrication was deposited on the

spring material to guarantee a resistance to cold-welding

when the spring was preloaded. Since inflight actuation

was 0 _, the spring preload needed only to overcome

bearing friction and cable resistance. However, ground

testability requirements gave a considerable margin to

this value, resulting in a specified spring torque of

24 in.-oz per spring in the latched position. Such a large

torque tiros allowed each spring the capability of reli-

ably operating the cover in the event that a spring failure
should occur.

With the highly over-powered opening springs, full

cover deployment in 0 g could occur in less than 1 see;

thus, it was necessary to provide a semielastic end-of-

travel stop. Flat beryllium copper springs were used to

stop the cover; the energy was sufficiently dissipated in

sliding contact between the hinge and the spring dur-

ing rebound.

In general, the individual lens-cover housings consist
of a 0.020-in.-thick double-walled aluminum shell such

as the TV cover assembly shown in Fig. 75. Double-

filament bulbs are mounted in teflon inserts, and block-

ing diodes and terminal boards are mounted on the back

side of the inner shell. An outer shell was used to protect

the optics from outgassed deposits originating from the
adhesives and conformal coatings. In the case of the TV

cup, a bumper was attached to provide the required

stray light shielding; it was flexible enough not to trans-

mit vii)ration loads from the cover to the optics assem-

bly. The housing used for the wide angle planet sensor

was similar, with the exceptions of the location of the

_ODEll_,_._,-----. ,-J _ _ _ I::1 _ClRCUIT

_MUUNI IN{3 FLANGE "---VITON BUMPER

Fig. 75. TV light array assembly

lamp and the use of quadrant baffles to sequence
the areas illuminated.

To complete the science cover assembly, the individ-
ual lens covers were attached to the cover plate and

the "pigtail" wiring routed to a terminal board on the

hinge leg. A plug-in harness to the platform was attached
at the same terminal board with a service loop across

the hinge axis. A three-wire system through the umbili-

cal supplied the cover lights with power. Light sequenc-

ing was accomplished by reversing the polarity of the

de source to various wire pairs in conjunction with the

cover-mounted blocking diodes.

The importance of actuation reliability to the success

of the mission required that the cover latch and actuator

be as foolproof as possible. To this end, large perform-

ance margins were used in all components. The latch

itself consisted of a simple over-center linkage powered

by dual dry-fihn coated stainless springs. Link pivots
were dry-fihn coated stainless shafts in aluminum hous-

ings; side clearance was adjusted by teflon washers.

The springs, when in the on-center position, generated

approximately 13 lbf, with the required over-center

motion set to trigger at 2 lb.

The primary latch actuator was chosen, after some

consideration for the use of pyrotechnics, to be a trac-

tive magnet, push-type solenoid. The simple solenoid

appeared to satisfy the performance crietria, was com-

patible with the capacitor discharge power supply, and,

most important, could use a much simplified reliability

test program as compared to a single-shot pyrotechnic

device. To be compatible with the power input avail-

able, the minimmn performance of the solenoid would

necessarily be 2 lbf at the start of a 0.090-in. stroke when

subjected to a capacitor discharge of 4000 /_f at 26 v.

Therefore, to allow a performance margin, the minimum
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acceptance criterion was established as 3 lb minimum

force at 20 v. As finally tested, the solenoid was capable

of 3.8 lbf at 20 v and 5.8 lbf at the rated 26 v capacitor

charge voltage, or approximately three times the re-

quired latch actuation force. Total solenoid weight was

set at 4.5 oz, with a maximum allowable armature weight

of 0.25 oz limited by the dynamic force to unlatch dur-

ing vibration. Intuitive concern for the magnetic prop-

erties of a solenoid was relieved by the closed-field

design, which resulted in a measured 6 _ at 1 ft, thus

satisfying the flight equipment specification.

If the solenoid failed to work, an independent mech-

anical backup was provided. The mechanism chosen

consisted of a spring-loaded lanyard plunger that would

be automatically tripped when the scan platform ro-

tated. The spring was sized to account for the possibilit T

of the primary failure being a hangup of the solenoid

armature. The resultant configuration (Fig. 76) thus

allowed nearly complete redundancy and performance

margins capable of accounting for any reasonably con-
ceived failure modes.

3. Design Evolution

a. Revisions in functional requirements. A more dras-

tic revision to the scan platform occurred when the

decision was made to eliminate the infrared spec-

trometer, weighing some 20 lb, and to substitute in its

place the ultraviolet photometer, weighing approxi-

mately 6.5 lb; this cut the total platform-mounted pay-

load weight in half. Although this redefinition required

the platform to be completely redesigned, the resulting

configuration was less complex. As an example, the use

of a cantilevered support would not have been possible

with the infrared spectrometer payload weight, since

not only would the support tube size have been unreas-

onable but also the bus structure could not have sup-

ported such bending moments. The configuration,

therefore, required a bearing support below the instru-

ments, which was to be hinged out of the way (follow-

ing boost) to provide scan motion clearance.

Following the final selection of instruments, the scan

platform was subjected to numerous revisions as a result

-SCAN INHIBIT

SWITCH ASSEMBLY

RELEASE LINK

H SOLENOID

RESET LEVER

LANYARD PLUNGER-

SCAN TUBE

LATCH BRACKET c'_ L"

\\\
SCAN MOUNT \

\
\

\
\

UNLATCH

SCIENCE LOOK
DIRECTION

Fig. 76. Cover latch and lanyard assembly
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of redefinition in the trajectory approach geometry.

Although the effect did not cause a complete redesign,

scan amplitude and stow position were changed three
times in order to locate the instruments in the nominal

look direction of the planet, while it was stowed, in

the event of a scan subsystem malfunction. The trajec-

tory eventually selected forced this failure-mode require-

ment to be violated, since the resulting latch position
could not be accommodated without a loss in schedule.

A late requirement was the request for a scan motor

interlock switch that would inhibit scan power to the

actuator when the platform release latch was engaged.

The mechanization consisted of merely attaching two

hermetically sealed microswitches in parallel, with the

leaf-spring actuator follower resting against the end of

the pinpuller latch pin. When the pinpuller was actuated,

the spring follower was released, allowing redundant

switch closures to the actuator power supply.

b. Telemetry requirements. As the flight sequence

became better established and the telemetry channel

availability became better known, analysis of failure

modes in the planetary science sequence indicated that

proper evaluation of statns was necessary if an alternate

operational mode were to be used. In particular, infor-

mation as to whether the platform latch was disengaged

properly had to be known prior to the mideourse maneu-

ver, since such a failure in the assembly's ability to scan

would bias the choice of aiming points. As mentioned

previously, it was necessary to disregard the require-

ment of having the nominal trajectory compatible with

the stow position in favor of the scientific value of an

Earth-occultation trajectory. If a scan latch failure had

occurred, the knowledge could have affected the deci-

sion of what maneuver to attempt.

To provide the necessary latch indication, a third
microswitch was added to the scan inhibit switch assem-

bly. This switch was wired to a data encoder register
so that an event count would be recorded when the latch

pin was retracted. Suitable capacitor and blocking-diode

circuitry was added to the switch assembly to make it

compatible with the data encoder input.

Information regarding the status of the science cover

was important to several inflight decisions. The first

failure mode to be considered was the possibility of

inadvertent deployment during boost. If such a failure
occurred the midcourse correction would have to be

performed using a maneuver that would not allow

incident or direct sunlight on the science optics. Since

data eneoder event telemetry could not be properly

interpreted during boost, this failure mode implied the

use of a regularly sampled telemetry channel.

A second failure mode requiring cover position infor-

mation would occur at planet encounter, at which time

it would become necessary to identify proper actuation

during the normal flight sequence. Backup command

would be available, which would recycle the deployment

sequence, but the decision to use it had to be based on

flight data supplied by a regularly sampled telemetry
channel.

To mechanize the telemetry indication, a hermeti-

cally sealed microswitch, which was located so that it
would actuate with the cover in the deployed position,

was mounted on one leg of the science cover. Ballast
resistors were attached across the normally open and

normally closed terminals so that an approximate 20 f_

step in the 500 to 600 f2 telemetry input would occur

when actuated. This scheme thus allowed the te]emetry

channel to be used for normal telemetry information,
with the cover indication a known offset in the data.

In addition to the normal science data analysis tele-

metry, such as output shaft position, the actuator was

equipped with temperature and pressure transducers

to allow diagnosis of the actuator itself. Actual operat-

ing temperature and the ability of the case pressure

seals to maintain an internal pressure were considered

valuable engineering knowledge. The importance of
such information became apparent at the beginning of

the design phase when it was realized that, although
much of the mechanization was based on the successful

Mariner II actuator, no flight data were available to

extrapolate the adequacy of long-term vacuum storage.

4. Test Experience

a. Actuator tests. Environmental testing was per-

formed in accordance with JPL specifications, with

only one unit failing to pass the requirements. This unit

failed to maintain pressure following the test sequence;

however, the failure was found to be porosity of the

gear housing and was not attributable to the tests per-
formed on the unit.

A special test was conducted to determine the deter-
ioration rate of the actuator clutch. The actuator was

operated for 24 hr, and the initial output torque recorded
at 40 in.-lb. At the end of the 24-hr period, the torque

had decreased to approximately 38 in.-lb, which was
considered to be reasonable.
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A life test was conducted on the scan actuator by

driving a science platform while it was subjected to a

vacuum of 10-'; mm Hg. In the event the actuator loses

pressure during flight, the life test was conducted with

the pressure plug removed. Since the vacuum chamber

cannot reach the low pressures of the space environ-

ment, the actuator was heated to 160"F to speed up

lubricant evaporation. The actuator was operated for

14 hr each day for 80 days. The position potentiometer

output voltage was constantly recorded to indicate ac-

tuator speed changes or erratic operation. No malfunc-

tions were noted during the test.

b. Science cover and latch tests. Qualification of the

latch and cover assembly prior to spacecraft delivery

consisted of a series of environmental and performance

tests. Briefly, these tests were conducted as follows:

(1) the solenoid was cycled in a vacuum at various

temperature extremes, assembled to the latch, recycled,

then assembled to a cover and repeatedly unlatched in

a vacuum, using both actuator and lanyard backup;

(2) the assembly was subjected to the general environ-

mental specification consisting of humidity storage,

shock, static acceleration, low-frequency vibration, and

high-frequency complex wave vibration; (3) the per-

formance tests discussed above were repeated for the

completed assembly.

Performance of the assembly during the initial quali-

fication tests was hampered by the fabrication problem

with the honeycomb plate. The lack of proper insert

bonding was exhibited during the first high-frequency

complex-wave vibration when the inserts came loose,

allowing eventual destruction of the cover hinges and

latch fittings. Following the incorporation of properly

fabricated hardware, qualification proceeded with no

failures noted in any developmental or flight-hardware
test.

c. Integrated platform and cover assembly tests. The

qualification program for this assembly consisted of a

series of structures to test thermal compatibility, inter-

face compatibility, static- and dynamic-load verifica-

tion, separation, operation, and other system-oriented

functions. Complete assemblies were delivered to each

developmental spacecraft and performance was moni-

tored to determine their acceptance during each phase.
For the purpose of evaluation, the major areas of con-

cern during the developmental program were structural

integrity and thermal compatibility. Operational per-

formance was verified during systems tests on the PTM

and flight spacecraft.

Complete system tests were conducted with the plat-
form, actuator, science instruments, and science cover

installed on the flight spacecraft. Simulated flight se-

quences were performed to determine if the basic design

goals were achieved; namely, that the actuator was

operating properly, using the flight instruments, and

was providing proper scan motion; and that the science

cover and latch assembly were capable of performing

their proper functions of (1) actuation using flight pyro-

technic power supplies, and (2) instrument calibration

using the cover lamp array. As a result of this test pro-

gram, several minor incompatibilities were uncovered

that were quickly resolved, which allowed complete

acceptance of the subsystem.

H. Structural Design, Analysis, and Testing

The Mariner Mars 1964 spacecraft frame development

drew heavily on previous Laboratory programs; this led

to the evolution of the integrated primary structure/elec-

tronic packaging approach.

1. Design Loads and Criteria

The structural design criteria were evolved from those

used on previous programs. The load-condition portion

of the criteria consist of several combinations of equiva-

lent static and vibratory loads. The structurally signifi-

cant vibratory loads are specified as sinusoidal inputs,

implying a steady-state sinusoid or a very slow-frequency

sweep. Compatibility of this type of vibratory specifica-
tion with the more transient nature of the flight vibra-

tion loads is provided, to some extent, by the inclusion

of suppression levels based on the resultant loads pro-

duced at the spacecraft separation plane. However, the

stiff box-like nature of the primary structure leads to

vibration modes of various spacecraft elements with

little participation by the primary structure. This mini-

mized the effect of suppression, since "oeam" loads

were not developed.

2. Design Approach and Development Plan

The goal of minimum structural weight, together with

maximum reliability, was pursued throughout the pro-

gram. The most apparent target for structural weight

saving was the solar-power structural system. Solar

panel structures similar to those used on previous space-

craft would have weighed about 100 lb. The Mariner

Mars 1964 design used only half this weight.

The design approach provided for the early develop-

mental testing of a composite spacecraft structure. The
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first step was to estimate the equivalent statie loads for

the component based on past experience. The initial

structural design of the component was then determined
for these loads, and the stiffness characteristics of this
structure were determined.

The first composite analysis, performed using an ideal-

ization for each part, demonstrated the same elastic

behavior as the initially designed structure for the sig-

nificant modes. This eomposite analysis indicated poten-

tial deleterious coupling and provided the basis for the

determination of stiffness requirements for the compo-

nent structures. Stiffness requirements were also dictated

by deflection limitations.

Modifications to the initial component structural de-

sign were made as a result of these stiffness requirements,

and another composite analysis was performed using

new idealizations. This analysis provided a better esti-

mate of component loads from which another compo-

nent structural design was proposed. This iterative

cycling occurred a number of times as the design pro-

gressed.

An early structural test model provided a test basis

for improving the analytical mode. A modal survey per-
formed on the STM provided a high confidence in the

lightly damped, linear portions of the analytical model

prior to qualification-level testing. The analytical portion

of the approach provided early design information and

enhanced the ultimate test results both by establishing

a better basis for test planning and by providing a ve-

hicle for extending previous analytical and test results

to a potentially modified structure.

This combination of analysis and testing was the basis

of the structural development plan. In practice, the

steps described for this approach were complicated by

design changes and by the time lags in the various

component development schedules. The late develop-

ment of the modal combination analysis computer pro-

gram also required the use of less sophistieated analyti-

eal techniques than originally planned. However, the

success of the general plan recommends it for use in

other spacecraft development programs.

3. Structural Design and Development

a. Primary structure. The primary structure is located

between two concentric octagonal cylinders. The struc-

ture consists of an upper and a lower ring connected

by eight webbed longerons and the electronic-packaging

chassis located within this structure. The packaging

outer shear plates performed the triple purpose of:

1. Supporting the electronics equipment

2. Stiffening the structure torsionally and axially

3. Providing conduction paths for temperature control

The integrated packaging approach was the most

significant aspect of the basic structure design. Also,

it resulted in a very rigid structure for supporting the

other spacecraft elements. The spacecraft loads were

carried through the primary structure to the booster

adapter. The load carrying points also formed the space-

craft portion of the separation joint.

The high structural rigidity minimized dynamic cou-

pling between the basic structure modes and those of

other spacecraft structural elements. Coupling still oc-
curred between solne elements (e.g., between the mid-

course propulsion unit and the secondary structure

science platform), but the minimization of coupling was

an extremely desirable design goal.

b. Secondary structure. The secondary structure, lo-

cated internal to the octagon structure, supported the

science platform, the upper ring harness, and the attitude

control gas bottles. The structural design and develop-

ment of the secondary structure was a function of var-

ious stiffness and strength criteria. In an effort to design

the structure so that primary vibration modes of major

components would not couple, it was desirable that:

(1) the science platform have a fundamental frequency

greater than 50 cps, (2) the overall torsion and bend-

ing modes be less than 70 eps (first torsion of launch

vehicle configuration) and greater than 30 cps (solar

panel vibration region), and (3) the mideourse motor

and secondary structure not couple dynamically.

A hard-mounted, three-dimensional, pin-jointed anal-

ysis was performed using the stiffness matrix structural

analysis computer program. This program, known as

STIFF-EIG (Ref. 22), is the one from which the modal

and response characteristics of the secondary structure

for both static and dynamic loads were determined.

This analysis was coordinated with the overall com-

posite analysis to satisfy the above criteria and to pre-

dict the dynamic loads. Developmental STM ]nodal
and vii)ration exciter testing was performed, from which

the response of the secondary structure was determined.

Agreement between these results and analytical predic-

tions was considered good (Table 2I), in light of the
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Table21.Secondarystructurevibrationtestresponse

Mode description Analytic Test
frequency, cps frequency, cps

Torsion of secondary structure 57.0 59.7

Planetary science platform bending 48.7 48.3

nonlinearity in the structure due to tolerances in the

science platform bearings.

c. High-gain antenna and superstructure. The high-

gain antenna is mounted to the top of the superstruc-

ture, which bolts to the top of the primary structure.

The superstructure also supports the solar panel boost

dampers and part of the low-gain antenna.

Strength and stiffness requirements determined the

high-gain antenna and superstructure structural design

criteria. It was required that the lower controlling

modes of the two structures should not couple and

thereby induce high loads into the high-gain antenna.

Because the solar panel boost dampers were connected

to the top of the superstructure, realistic input loads

other than upper limits were not obtainable from the

composite analysis as performed with STIFF-EIG. How-

ever, a dynamic analysis was made on the two-structure

combination, with the effect of the solar panels and

omnidirectional antenna considered as point masses.

Based on past experience, a conservative assumption was

made for a maximum peak acceleration of 100 g (high-

gain antenna feed) for the lowest six modes. With this

assumption, member loads, frequencies, and correspond-

ing mode shapes were calculated. From the analyses, it

was noted that, because of structural geometry, the fun-

damental frequencies of the two structures overlapped

and adequate modal separation was achieved only after

much member-area juggling.

Because of a late design definition, the superstructure

ring contained some complex load paths. The solar

panel, low-gain antenna, and high-gain antenna loads,

which should have passed directly from member to

member, were ultimately required to take eccentric

paths through the ring, resulting in an adequate but

heavier structure. Also, the structure was more flexible
than desired.

The design procedure for the high-gain antenna dish

was primarily an experimental approach. Subsequent

to an initial study period during which the general

configuration was fixed, two honeycomb antenna dishes

were fabricated-one of a fiberglass skin core construc-

tion and the other of all aluminum. The object was to

determine experimentally which construction was best

and what modifications should be made, if any. Design

decisions were based on the relative response to hard-

mounted vibration-exciter sinusoidal testing. The alumi-

num dish was selected as the best structural configura-

tion. A symmetric four-point support system appeared

far superior to the existing three-point support system.

However, schedule limitations precluded any major
change to the antenna structure.

Experimental investigations on the flight antenna

configuration were conducted. A prototype antenna dish

and support structure were modal-tested to determine

dynamic response, natural frequencies, mode shapes,

and equivalent viscous damping ratios. Although unique

problems existed during the test (for example, how to

take accelerometer readings in all three orthogonal

directions on an ultra-lightweight structure and account

for the moving accelerometer mass), the biggest problem

was determining how to attach the modal vibration

exciters to the lightweight honeycomb dish. Rubber suc-

tion cups were used for the modal testing, since no bet-

ter method of attachment had yet been developed.

The modal analysis results are considered good, as

can be seen in Table 22, which shows the agreement

between the frequencies of the three basic vibration

modes obtained by hard-mounted vibration-exciter and

modal-sun, ey testing.

A bard-mounted high-gain antenna dish and support

structure were subsequently qualified as components

after successfully passing a sinusoidal vibration test

along the spacecraft Z axis and along the dish major

axis at a level of 3 g rms. However, during the STM type-

approval tests, wrinkles appeared in the underside skin

Table 22. Vibration testing results for flight antenna

configuration

Test
No. Description of mode

Rocking of antenna truss at

minor dish axis

First bending of dish at

minor dish axis

3 Twisting of dish at major

dish axis

Modal analysis

frequency result

cps

64.02

97.39

140.50

Frequency of
vibration-exciter

testing, cps

64.0

101.0

140.0
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adjacent to the elliptical support beam tips. Thin dou- 
blers were bonded to the back side of the reflector to 
stiffen the skin locally in the wrinkled region. The an- 
tenna subsequently passed all type-approval tests. 

d. Postinjection propulsion system. The major load- 
carrying components of tlie PIPS consisted of the fuel 
tank and its support stritctiirc,, tlie tliriist platc, and the 
com1)iistion cliam1)c.r (Fig. 77). Tlic spherical titaniiim 
fuc,I tank WIS siipportcd alioiit its girth by  a tapered 
ring that u s c d  a spriiig-lo;i(l(d inctal strap to maintain 
;I pr(x10:id l~c t \ \wn tlic tank atid the ring. The aliiniinuni 
tank sripport ring W;IS cotincctecl to tlie tliriist platc b y  
iiicaiis o f  a t l i i ~ i - ~ v d l ~ ~ l  aliiiiiinum tiil)ca truss. The PIPS 
tlirust plat(, was structiirally tiioiintcd to the spiicccraft 
l,y t h  PIPS sllpl””t structure. 

Tlic tliriist pl;\tc w a s  fa1)ricatcd froni two plates (wliich 
werc spaccd apart by thin structural scctions) that wcrc 
tnachincd into one platr,. Tlic tnncliinc~d plate and a 

a 

Fig. 77. PIPS structural design 

flat plate were dip-brazed to form one closed member. 
The combustion chamber was bolted directly to the 
thrust plate, and the nitrogen tank was preloaded 
against the thrust plate by spring-loaded metal straps. 

The structural design philosophy of the postinjection 
propulsion systein was depcmdcnt on both strength and 
stiffncss requirements. The most critical dynamic load- 
ing of the hisic. structure, induced by the c>lastic re- 
sponsc of the spacecraft/PIPS comliination, was ob- 
tairicd froin tlic spacecraft composite analysis. This 
consistcd o f  an acceleration acting at the CG of the 
PIPS fiwI tank, ~~c~rpcndic.uI;ir to thc thrust axis of the 
motor. To a\.oitl dynnmic. coiipling with othcr spacecraft 
strrictrircs, thv PIPS \vas dcsigned to have a hard- 
tnoutitrd frintlainc~ntal responscl frcqucncy of 70 cps. 
This scpwitcd the PIPS response from predicted re- 
s p o i ~ ~  f rcqucmcics o f  o tlwr major coniponen t s su f f i- 
ciently to c>liiniiiate dynamic coupling. IJynamic deflec- 
tion of  tlic. PIPS fuel tank p:iraIlcI to the thrust axis of 
the inotor \viis wstrictcd to O.1OO in. ni;iximiiiii to avoid 
intcrf(wncc1 \\i t11 tlic sp:iccw;\ft sccontlary structure. 

Aftcbr thc PIPS prc1iinitiary strirctiiral gcomctry \vas 
dctc~riiiincd. ;I dctailctl ;malysis o f  tlic strttcture IWIS per- 
forrncd with the aid of the stiffwss matrix structural 
analysis cotnpittc~r progrniii. The stritctural idcdization 
itsctl (for :i tlirec-dimensiollal rigid-jointcd structiire 
suhjcctcd to siipport cxcitation) is illustrated i n  Fig 78. 
Tlic tril)iilar cross scction of the ineml)crs in the tank 
srtpport truss and of  tlic PIPS inounting f rmw,  along 
\\.it11 thc ecliiivalmt discrete. i i i c m l ) c w  id(dizcd from 
tlic tlirwt plat(,, iiiatle the PIPS WCII srtitcd for tlie 
typc o f  analysis uscd. 
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Fig. 78. PIPS structural component idealization

.

3.

.

to 2000 cps, a 3 db/octave roll-off from 300 to 20

cps, and a 24 db/octave roll-off below 30 and above

2000 cps for 3 rain

A 2.5 g rms sinusoid between 20 and 100 cps

White Gaussian noise, PSD of 0.010 g_-/cps, band-

limited between 100 and 2000 cps, plus a 2.5 g rms

sinusoid superimposed on the noise between 100
and 450 cps

White Gaussian noise, PSD of 0.010 g'-'/cps, band-

limited between 100 and 2000 cps, plus an 8 grms

sinusoid superimposed on the noise between 450

and 2000 cps

The STM PIPS was complete with b]addered fuel

tank and its support structure, nitrogen, thrust chamber,

thrust plate, and support frame. Preliminary test results

showed that dynamic amplification from the PIPS sup-

port frame to the CG of the fuel tank was a function

of fuel tank pressure. This amplification increased from

2 for zero tank pressure to 12 for a full tank pressure

of 400 psi.

Final vibration qualification testing was done on

the complete STM vehicle at full fuel tank pressure in

the most critical axis of excitation for the PIPS (i.e., along

the spacecraft roll axis). Propellant tank test pressures

were 150, 300, and 400 psi; the maximum dynamic

response of the PIPS occurred at a maximum flight

pressure of 400 psi. The highly nonlinear behavior of

the PIPS was caused by the fluid sloshing in the blad-

dered fuel tank. Response information for the PIPS

propellant tank during the most critical Z axis low-

frequency test showed that an input excitation at 108 cps

excited the fimdamental slosh frequency at 54 cps.

e. Solar panel structure. One of the most critical con-

straints on configuration selection and detail design of

the solar panel structure was a stringent weight limita-

tion. This weight limitation dictated a radical departure

from past solar panel structural designs. The highly

reliable panel structures of the Ranger and Mariner

Venus 1962 programs were abandoned in favor of a

new structure of approximately half the weight per

surface area. As might be expected, this step function

reduction in structural weight required a considerable

development program to demonstrate appropriate reliabi-

lity for flight purposes.

A damped system of support was selected to attenuate

dvnamic motion and loads and to allow necessary reduc-

tions in structural weight.

In launch configuration, the panels were oriented

approximately parallel to the longitudinal axis of the

launch vehicle; consequently, the steady-state boost

accelerations were of little consequence to panel de-

sign. The controlling design load proved to be lateral

booster vibration. Response computations for the

damper-supported panel system were originally per-

formed on the IBM 1620 digital computer. Subsequent

refined response analyses were carried out on the IBM

7094 digital computer. These response analyses resulted

in a set of magnification factors that were translated

into the equivalent design static load elements of a

design specification. This design specification stated

basic static criteria of 5 g for spar design and 20 g for

substrate design. The design load for the substrate is

now considered to be low, because of the relatively

ineffective participation of the damper supports in the

attenuation of transverse substrate responses.
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Detailed static stress analysis was performed by the
solar panel eontractor and documented in a formal stress

report (Ref. 23). Dynamic normal mode and response

analyses of the panel were also performed. In general,

the dynamic response analyses used consolidated param-

eter systems of from 37 to 90 nodes per panel. It was

found that a grid system of 44 nodes, with 3 deg of free-

dom per node, adequately represented the first five nor-

mal modes of the system. This idealization is shown in

Fig. 79. The digital eomputation problem of determining

panel dynamic responses to a periodic foreing funetion

was by no means trivial. The damper supports of the

panel required the use of a complex orthogonality con-

dition, with corresponding complex modal veetors and

complex response amplitudes (Ref. 24 and 25). Because

of this formidable task, a parallel analog computer re-

sponse solution was undertaken. Both digital and analog
approaches eventually yielded comparable results.

A set of preliminary tests was conducted to build early

confidence in the adequacy of the panel design.

PANEL

0UTLIN

ALL DIMENSIONS IN INCHES

26 9 34 18

EQUIVALENT

PLANAR GRI
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MA

.25 8 .33 ,17 4

.24 7 L32 J6 4. 0

_IL .23 6 3I 15 3. 9

64

--f
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17.64 _ 8.93

35.50 _
PANEL WIDTH

Fig. 79. Forced response analysis structural idealization

for solar panels

1. Panel static test. This test verified the adequacy

of the panel to withstand the specified static design

loads, and was performed as a part of the panel

design and fabrication contract (Ref. 26).

2. Panel acoustic test. This test verified the adequacy

of the all-bonded panel to survive the qualification
acoustic environment.

3. Preliminary vibration tests. Two tests were per-

formed at assumed vibratory input levels. In one

test the panel was supported on dampers and in

the other test the panel was hard-mounted using

no dampers.

4. Substrate buckling and fatigue tests. A series of

tests was conducted to determine the fatigue prop-

erties and the static and dynamic buckling charac-

teristics (including fixity coefficients) of the critical

unsupported substrate back corrugation flats. These

tests verified the nature of the conservative assump-
tions used for design.

Formal qualification of the panel damper system con-

sisted of a low-frequency (5 to 150 cps) sinusoidal vibra-

tion test. The purpose of this test was to determine the

ability of the panel to survive the Mariner vibration

environment without degradation. A second purpose of

the test was to determine the frequency response char-

acteristics of the solar panels, as supported upon discrete

dampers in the spacecraft launch configuration. The

input levels to this test were carefully developed from

preliminary STM test data to envelop panel responses

for the most critical spacecraft test conditions.

The results of this test were satisfying, and the panel

successfully passed the qualification sequence and dem-

onstrated structural adequacy for flight purposes. Sub-

sequent tests to failure vividly illustrated the lack of

excessive (unnecessary) margins of safety. At 112_ of

ultimate vibratory load, functionally noncritical cracks

developed in the substrate corrugations.

4. Composite Analysis

An overall spacecraft structure composite analysis was

performed to determine the modal and response charac-

teristics of the composite structure for static and dyna-

mic loads. These results were used for the prediction of

loading conditions and dynamic coupling for major
substructures.

a. General description of analysis methods. The fun-

damental tool used to perform the composite analysis
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was the modal combination computer program devel-

oped for the 7094 IBM computer. Unfortunately, this

program was not working early enough to employ it

during design, and the task was accomplished using

the stiffness matrix structural analysis computer pro-

gram (STIFF-EIG) with a sacrifice in accuracy and
versatility.

b. Analysis Plan and Idealization (STIFF-EIG).

Realizing the size limitation of the stiffness matrix struc-

tural analysis, the composite structure was idealized as

a three-dimensional pin-jointed structure. Symmetry was

assumed around a vertical plane through the midcourse

motor axis. To emphasize various major structural com-

ponents, the spacecraft was idealized with and without

the effect of solar panels and adapter. The most useful
idealization considered the stiffness and mass effect of

the adapter with the masses of the solar panels and

onmidirectional antenna at their support points. Although

detailed structural idealization of the major structural

components was lost by using STIFF-EIG, the general
effect of each component on the overall structure was

retained in the analysis.

c. STIFF-EIG vs modal testing results. Agreement

between analytical and STM modal testing results was

considered good. A brief comparison of the results for

the major spacecraft modes is summarized in Table 23.

Table 23. Comparison of analytical and STM modal

testing results

Mode description

Science platform vibrating in X-axis

direction coupled with midcourse motor

Midcourse motor vibrating in Z-axis

direction coupled with science platform

High-gain antenna minor axis rocking

Science platform and secondary structure

vibrating in Z-axis direction

Test results

Modal

cps

48.3

48.2

38.3

92.3

Analytical

cps

48.75

44.32

39.43

93.80

The problem of science platform and midcourse motor

dynamic coupling was eliminated when a stiffer mid-
course motor fi'ame was used.

d. Analysis plane and idealization (modal combina-

tion program). In using the modal combination program

for the composite analysis, individual STIFF-EIG anal-

yses of the various structural components were tied

together into a large overall response solution of the

composite structure. The detail of the structural ideal-

ization for each component was retained, and the

amount of individual damping (large and small) in each

component was considered.
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VII. SPACECRAFT SUBSYSTEMS: RADIO

A. General Description

The Mariner IV radio is an S-band system designed to

provide reliable communications for a distance of more

than 150 million miles and survive in space for a mini-
mum of 9 months under environmental conditions found

from launch through Mars encounter.

The radio package consists of a phase-coherent trans-

ponder using a transmitter configuration designed for

maximum reliability of spacecraft-transmitted signals

through the independent use of redundant exciters and

power amplifiers. The transponder has the capability of

(1) receiving Earth-transmitted commands and trans-

mitting verifications of such commands, (2) transmit-

ting scientific data gathered during the flight to and

past the planet, (8) transmitting information regarding

the progress and behavior of the spacecraft during its

flight, and (4) using a turnaround ranging system to

detect a wideband pseudonoise code that has been

modul.ated on the received signal and to remodulate it
on the transmitted carrier.

The S-band transponder was developed from the basic

L-band transponder used on the Mariner Venus 1962 and

Ranger spacecraft. Development of the S-band system

provided improvements in the following areas:

1. The design of the two signal amplifiers preceding

the AGC detector was improved to obtain stages
that do not saturate under noise conditions at

threshold. The threshold noise level is 23.5 db above

the signal level, the signal level being held nearly

constant over the dynamic range by the AGC sys-

tem. The stages were designed to provide constant

signal gain with noise levels 5.5 db above the rms

threshold noise voltages.

2. Phase distortion of the detected command signal

was reduced by a change in the type and band-

width of the crystal filter in the second IF ampli-
fier. The bandwidth was increased to extend the

linear phase characteristics across the modulation

spectrum, and the crystal-filter design was changed

to reduce the slope of the phase change across the
bandpass.

3. The receiver noise figure was reduced with the

design of a mixer using cartridge-type mixer diodes
in lieu of the miniature diodes and low-noise tran-

sistors in the preamplifier.

4. Improved circuitry in the multiplier chains reduced
the level of coherent sidebands. This eliminated the

problem of interference from sidebands in the local

oscillator reference signal.

5. Phase control of the signal and reference to the

ranging detector over the temperature and dynamic

range was accomplished at 9.5 Me.

6. The output power level of the solid-state stages was
increased from 10 to 500 mw. In the Mariner IV

application, this eliminated one of the power-tube

amplifiers, thereby increasing the system reliability.

7. A reduction in weight was accomplished primarily

by two changes. First, module chassis were reduced
in thickness from 1/8 to 1/16 in. Second, all non-RF

stages were packaged using the welded-cordwood-

module technique. With this technique it was pos-

sible to reduce the number of modules in the system
from 15 to 13. The combined reduction in weight

resulting from both these changes was approxi-

mately 4.0 lb.

The assembly of the radio subsystem is contained in
two cases that are mounted to the octagonal structure

of the spacecraft. Case V, which houses the transponder

receiver and its power supply, is shown in Fig. 80(a).

Case VI houses the transmitting portion of the transpon-

der (including the TWT power amplifier and triode cav-

ity amplifier with their associated power supplies), two

band-rejection filters, one four-port circulator switch, one

five-port circulator switch, two directional couplers, and

a control unit switching logic. Case VI is shown in

Fig. 80(b). The modules are interconnected by shielded
two-conductor cable and RF coaxial cable. All circuitry,

except the triode cavity amplifier and TWT amplifier,

is solid state. The complete radio subsystem assembly is

shown in Fig. 81.

Reception of Earth-transmitted signals or transmission

of spacecraft signals is through either a low-gain omni-

directional antenna or a high-gain directional antenna.

A block diagram of the radio subsystem is shown ill

Fig. 82. The parameters are listed in Table 24.

B. Functional Description

1. Reception

The received signal is amplified by a double-conver-

sion, superheterodyne, automatic phase-tracking receiver.
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Characteristic 

( 0 )  CASE P 

Numerical value 

Fig. 80. Radio subsystem 

a. Automatic phase tracking loop. Phase coherence is 
accomplished by an automatic phase tracking loop that 
is closed around the entire receiver by way of the first 
local oscillator. The system multiplication is constructed 

Receiver 

Frequency 
Noise temperature (maximum) including preselector 

Threshold carrier level 
Dynamic range to threshold 
Maximum receiver gain 

Direct current input power 

APC loop, threshold design values 
Loop noise bandwidth 
Suppression factor 

Detector gain 
VCO gain 

Phase gain 
Predetectian bandwidth 

AGC loop, design values 
Noise bandwidth 

Receiver gain control 
Detector gain 
Amplifier gain 

Ranging channel 
Overall bandwidth at video output 
Ranging modulation index 

Transmitter 

Frequency 

Power output 
Exciter 

TWT amplifier 
Cavity 

Phase modulation range 

Phase modulation bandwidth (3 db) 

Input power 
Exciter 
TWT amplifier 
Cavity 

Power supply 
Efficiency (exciter) 
Efficiency (power amplifier) 

Total system weight 
(less chassis and cable harness) 

2116 Mc 
3370'K 

-150 dbm 
- 7 0  dbm 

193 db 
5.5 w 

20 cps 
0.058 
20 v/rad 

110.5 
4.5 Kc 

120 cps/v 

0.5 cps 
16 db/v 
0.1 v/db 
15 v/v 

1.8 Mc 
0.45 rad 

2295 Mc 

4-27 dbm 
+40 dbm 
+38 dbm 

0 to 1.5 rad 

1.8 Mc 

8.0 w 
45.5 w 
23.3 w 

72% 
8004 

35 Ib 

as shown in Fig. S3. The receiver multiplication equals 
110.5 (or 0.5 + 3 - 1 + IOS), the transmitter multipli- 
cation equals 120, and the ratio between the received 
and transmitted frequencies is 110.5/120 or 221/240. I t  
can be seen from the diagram that all of the local oscilla- 
tor and detrctor reference signals are derived by fre- 
quency multiplication from the receiver I'CO. The 
loop parameters have been selected by minimizing the 
total mean square phase error over the receiver dynamic 
range of input signal-to-noise conditions. 
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Fig. 81. Complete radio subsystem assembly 

b. Receioer response. The receiving section of the 
transponder is designed with a predetection noise band- 
width of 4.5 kc and a loop noise bandwidth (2B,) of 20 
cps. A bandpass limiter placed ahead of the loop phase 
detector holds constant the total signal-plus-noise voltage 
into the loop, making the loop noisc, bandwidth dcpen- 
dcwt upon the signal-to-noise ratio in accordancc with 
tlie limiter supprcssion effect. The loop noise l~andwidth 
of 20 cps is obtainctl with a suppression factor of 0.0588. 
When tlie suppression factor bccomcs unity, as is the 
case for input signal-to-noise ratios greater than 20 db, 
the loop noise bandwidth approaches 233 cps as a limit. 
It is iinportaiit to notc licrc, that. in  effect, this band- 
width change makes it possi1)lc to track comparati\~ely 
large signal variations that arc apt  to appear (Illring thr. 
launch and near-orbit phases of thc mission. 

c. Moclulation response. Phnsv motlrilation is cstracted 
from thc phase trncking loop a s  thc untrackc>d o t r tp t  of 
thc loop phasc cktector. Thus, i f  thc rcw,ivcy rcsponse 
is I I ,  thc nmdulntion responsc is 1 - II. Thc~ high- 
frequency characteristics of thc measured rcspoiise are 
restricted by the predetection I~andwidth and remain 
essentially constant, while the low-frequency character- 

istics are affected by  the loop-noise bandwidth variation 
as a function of signal level. 

d. Receiver threshold. The threshold signal level, 
iuic1er which the transponder maintains reliable phase 
cohercwcc betwecn the input and output signal, is defined 
to 1 ) ~ ~  that lcvcl at which the loop rims phase error is 
c y i i a l  to 1 rad. This level corresponds to unity signal-to- 
noise ratio in thc ph:~se-controlled loop. The Iioininal 
signal level at which it occurs is found from the 1001) 
noise l~andwidth and the receiver noise figure. For the 
Alorinc,r  transponder, this figure is typically - lS0 dim. 

e .  Signal amplifications. A total forward gain of 
about 193 dli was dcsigncd into tlie reccivcr to CI~ \ I IT( ’  

limiting at the phasc dctcctor iinder thrc~shoId coiitli- 
tion\, m d  to provide tor thr c.ffcct\ of agiiiq, tcwip(’r:l- 
trire, radiation, and tletuniiig. This amoiint of gain i \  
sufficient to inaintain the limiter output at 15 d h n  i d  
a level of -22 dbm 1 dh into the amplitude detector. 
The gain is providcd by a 47.8-XIc prc)iiinplifier nomi- 
nally set at 46 db (including first mixcr loss), a gain- 
controlled 47.8-YIc I F  amplifier with a controllable rangc 
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Fig. 82. Radio subsystem functional block diagram
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Fig. 83. Transponder phase multiplication

from --51 db to +52 db, and a 9.56-Mc IF amplifier

nominally fixed at a gain of 95 db.

spacecraft 50-v-rms, 2.4-kc source, delivering regulated

power at an efficiency of 72% or better.

[. Automatic gain control system. Coherent automatic

gain control is applied to the 47.8-Mc IF amplifiers. By

means of a synchronous amplitude detector and AGC

filter, the gain of the receiver is controlled only by the

amplitude of the received signal. In this way, the sys-

tem provides an accurate analog of the receiver input

signal strength. The AGC loop is designed to have a

noise bandwidth of 0.85 to 033 cps over the range of

input signal levels from -70 to -150 dbm.

g. Turnaround ranging channel. The ranging loop

was designed to detect the 498-kc ranging information

transmitted on the uplink carrier, to amplify and detect

the information, and to retransmit it as phase modulation

on the downlink carrier (Ref. 27). There are two mod-

ules that are common to the ranging loop: these are

the 9.56-Mc isolation amplifier and balanced phase de-

tector, and the wide-band limiting amplifier. The rang-

ing channel is turned on or off by direct (ground) com-
mand.

h. Receiver power supply. A single power supply fur-

nishes -15 and +15 v regulated power to the trans-

ponder receiver. The power supply operates from the

2. Transmission

The transmitted signal is derived from either the

voltage-controlled crystal oscillator or a fixed-frequency

crystal oscillator (auxiliary oscillator). The VCO-derived

signal is used when the receiver APC loop is in lock

with the Earth-transmitted signal, and thereby provides a

transmitted signal that is phase-coherent with the re-

ceived signal but translated in frequency by the constant
221/240 ratio between the received and transmitted fre-

quencies. During periods that the transponder is not

in two-way lock, the receiver noise is prevented from

modulating the transmitted carrier by automatically

switching the VCO output off and energizing the auxil-

iary oscillator to excite the transmitter. Mode transfer

is controlled by the receiver AGC signal.

a. Modulator. The modulating signal is applied after

the first nmltiplier stage X4 in the transmitter. Modula-

tion is accomplished by varying the tuning of a parallel

resonant circuit containing voltage variable capacitors.

The instantaneous reactance of the circuit is controlled

by the instantaneous value of the modulating signal. The

modulated RF is multiplied by a factor of g0 to provide

the transponder transmitter phase-modulated output.
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b. Redundant transmitters. Two exciters and two RF

power amplifiers make up the transmitting portion of

the transponder. Either exciter, when energized, drives

the TWT and/or the triode cavity amplifier. Only one

amplifier and one exciter are operating at any given time.

A band-reject filter is used to prevent undesirable prod-

ucts of the transmitted signal appearing at the receiver

frequency from interfering with the receiver. One filter is

located at the output of the TWT amplifier. The other

is located at the input of the triode cavity amplifier.

These locations shorten the RF path from the cavity

amplifier output to the antenna, without significantly

degrading system filtering effectiveness and increasing

the available margin in cavity RF power output. Switch-

ing of the primary power applied to the power supplies

determines which combination of exciter power amplifier

is used. A simple resistive network parallels the exciter
inputs.

The RF switches select exciter output, power ampli-

fier input and output, and the antenna to be used. The

RF switches are controlled by the control-unit output

voltage.

Exciters. The two exciters are of identical design; each

provides a minimum of 500 mw of RF power when

energized. The design is solid state; it uses the latest

varactor-multiplier techniques to obtain maximum relia-

bility and efficiency. Included as part of the exciter is

a phase modulator capable of accepting ranging and

telemetry modulation signal inputs simultaneously. An

isolator at the output of each exciter prevents variations

in load VSWR from detuning the final stage.

Power amplifiers. Either a triode coaxial cavity ampli-

fier or a traveling wave tube amplifier is used for the

power-amplifier stage. The triode cavity amplifier has

a low- and a high-power mode. At launch, the triode

plate voltage was 110 vdc. At vehicle separation, an

interlock raised the voltage during the initial portions of

the flight and eliminated the possibility of voltage break-

down through the critical pressure zone. The RF power

output at reduced plate voltage is nominally 1 w; the

RF power output at high plate voltage is nominally 7 w.

The efficiency is typically 80_.

The TWT amplifier is one of a class of microwave

tubes known as linear-beam amplifiers in which the elec-

tron gun is designed to optimize thermal characteristics

and the RF structure is designed to optimize gain and

efficiency (Ref. 28). The RF power output is nominally

10 w; the efficiency is typically 22%.

Power supplies. Separate power supplies furnish regu-

lated power of - 15 and - 25 v to the exciters. The power

supplies are packaged as a single unit and operate from

the common 50-v-rms, 2.4-kc input that is switched to

either supply by a relay located in the control unit. The

TWT amplifier power supply and triode cavity amplifier

power supply are integral units individually packaged;

both operate directly off the spacecraft solar panel pow-

er supplied on a common line that is switched to either

supply by a relay located in the control unit. The major

functions of the power supplies are input-voltage regu-

lation, rectification, and filtering. The dc-to-ac conversion

is required only of the power-amplifier power supplies.

All power supplies are solid state and deliver regulated

power at an efficiency of 72% or better.

RF switches. The type of switches used are voltage-

operated circulators. These switches offer a matched-

load impedance and a means of changing the RF path

while maintaining a low insertion loss in the path. The

application of a positive or negative drive voltage from

the control unit causes the RF signal to circulate in a

clockwise or counterclockwise direction from the input
terminal. The next terminal in the direction of circula-

tion becomes the output terminal. The terminal opposite
to the direction of circulation becomes isolated. In this

manner, the required switching is obtained with the

necessary isolation, minimum insertion loss, and maxi-

mum reliability.

Control unit. The control unit contains solid-state

switches, relay switches, logic circuits, and telemetry

conditioning circuits, and provides the output voltages

applied to the RF switches. The unit accepts signals

from the command, attitude control, and CC&S sub-

systems, and conditions the exciter and antenna drive

levels for the data encoder telemetry channels.

The antenna control circuit switches two external

loads and accepts signals from seven sources. The circuit

switches high-gain and low-gain antennas by changing

the polarity of circulator switches to direct RF signal

paths to and from the selected antenna. The antenna

control circuit accepts four command inputs, a cyclic

input, an attitude control input, and an acquisition signal

input. The command inputs switch the external loads

when they are accepted in a compatible combination

with the state of the control unit output. The cyclic-

signal input, a grounded or open circuit, operates the
solid-state switches in the receiver-antenna switch circuit

when the inhibit signal is not present. This inhibit signal
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appears and remains on the circuit whenever the acqui- 
sition signal is -4.5 v, or less negative. When the 
acquisition signal is -5.5 v, or more negative, the cyclic 
signal does not actuate the solid-state switch hut removes 
the circuit inhibit state. Subsequent application of the 
cyclic signa1 then operates the solid-state switch. This 
circuit uses the cyclic input only for actuating tlie solid- 
state switch. The attitude control input switches the 
drive to the receiver low-gain antenna state whene\.er 
the Canoptis scmsor loscs lock, hut it clocs not intcrfcw 
with subsequent command inputs. 

The power-aniplific~r control circuit switchc~i two 
cxtcriial loads and accepts signals from four sources. 
Thc circuit applics dc voltage to one or the other of 
the redundant pouw-amplifier power supplies, and 
siiiiultancously rcvcrses the polarity of circulator switches 
to direct the amplifier input and output. The control 
circuit accepts a command input signal, a cyclic signal, 
a low-level dc input, and a high-level clc inpiit. The 
switching function is activated by the cyclic input in 
the event thr low-level dc input, monitored at the ampli- 
ficr output, drops 1)elow 600 inv. The switching function 
is also acti\ratcd 1)y the command signal regardlcss of 
the dc lc~wl moiiitorcd. The cyclic input docs not actuatc, 
switching i f  dc inpiit is 700 m\. or morc’. 

Thc c>xcitc,r control circuit also switches two c,sternal 
loads and accepts signals from four sources. The circuit 
:ipplies a 2.4-kc square wave to one or the other of the 
redundant exciter power supplies, and simultaneously 
reverses the polarity of circulator switches to direct thc 
exciter output. This circuit also accepts a coininand 
input signal, a cyclic input signal, a dc voltage signal 
ranging between 0 a n d  1.5 v, and a 2.4-kc square wave 
signal. The circuit-switching function is activated by the 
cyclic signal input iii tlw event the dc input, monitored 
at  the exciter output. d r o p  hclo\v 600 mv. The switching 
function is also actiixtcd b y  tlie command signal, regard- 
less of tlie dc le\.cl inonitored. The cyclic inpL1t does not 
activatc switching if thc dc input is 700 m v  or Inorc’. 

The control unit accepts four po\wr monitor signals, 
five coininand signals, ;I 2.4-kc square wavc inp1It, a 
higIi-lc\x>l dc input, a cyclic signal input, an acqttisition 
signal, and two motlc transfrr signals. The five command 
signals, thc cyclic sigixil. and the nio(k transfer signals 
providc a groiind or olwn circuit to the switching cir- 
cuits. 

The 2.4-kc square wave, applied to a transformer rec- 
tifier, provides a B + switching voltagc that is applied 

through the contacts of a relay switch or a solid-state 
switch to a terminal of each of the circulator switches. 
The 2.4-kc square wave is also used to energize the 
power supplies to the exciters through contacts of a relay 
switch. The dc input, controlled by a relay switch, is 
applied to energize the power supplies of the power 
miplifiers. The acquisition signal voltage is - 1 to -9 v. 
This signal controls a bistable flip-flop, which provides 
an inhibit function to the solid-state switch. The inhibit 
appears and remains when the acquisition voltage is 
-4.5 v, or less negative. If the acquisition voltage is 
-5.5 v or more negative, application of the cyclic input 
will not actuate tlie solid-state switches but will remove 
tlie inhibit function. A subsequent application of the 
cyclic signal will actuate the solid-state switch. 

C. Procurement 

At thc start of prociirenient, contractors and JPL 
c~stablished a flow chart showing each step of fabrica- 
tion and inspection points. l h i t e  cards, inspection plans, 
and check lists were prelxircd in conjunction with the 
flow chart. \Vorkmanship standards were reviewed and 
;icccytance criteria were established. 

Scrialization of all parts was accomplished by means 
of a detailed screening specification prepared by the 
contractor, which required that the test data be recorded 
and maintained for documentation purposes by incom- 
ing inspection. For equipment such as the transponder, 
the serial number of the part was recorded along with the 

Fig. 84. Typical radio subsystem module 
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serial number of the module or s>-stem. In the e\.ent of 
a part failure, the test data, lot information, and date the 
part was received were thus traceable. 

If a failure occurred during either module or system 
testing, JPL !vas notified within 24 hr as to the type of 
failure and the recommended action taken. Parts requir- 
ing analysis were submitted to reliabilib and component 
specialists for analysis and reconmended correcti1.e 
action. After the failure was corrected, the affected item 
was reinspected and retested to verify that the corrective 
action soh-ed the problem. 

Figure S-1 shows a typical iuodule of the radio sub- 
system. 

D. Antenna Subsystem 

At the inception of the Xfariticr \ fan design, it was 
clear that the solutions to the spacecraft antenna prob- 
l e m  could not be patterned after the previous planetary 
probe. Marincr 11, or its lunar counterpart, Rangcr, for 
several reasons. First, the look angles to Earth from a 
Afars-bound spacecraft are entirely different from those 
of Yenus and the \loon, plus the fact that the Earth- 
\far5 range at  encounter would be inore than three times 
that to Venus and more than SO times that to the Aloon. 
Second, it would be the first use by JPL of the S-band 
frequency (Ranger and Mariner 11 used 540- to 960-AIc 
frcquencie\). Third. weight was critical and, hence, only 
15 lb was allotted for the entire antenna systein.whereas 
Rmqer used 30 Ib and Alarincr 11 used 41 Ib. 

Fig. 85. Mariner IV antennas mounted on spacecraft 
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The spacecraft antenna system includes the low-gain 
antenna, the high-gain antenna, and both of their trans- 
mission lines. The antennas may be seen mounted on a 
flight spacecraft in Fig. 85. 

The functions of the low-gain antenna, shown in Fig. 
%(a) ,  are to receive commands from Earth during the 
entire flight, and to transmit flight telemetry to Earth 
during the first half of the mission when the spacecraft 
is near Earth aiid the look angles to Earth vary widely. 
The low-gain antenna must also be able to receive coni- 
mands and transmit telemetry to and from Earth during 
in i dcou r s c man ewer s . 

The Iiigh-gain antenna, seen in Fig. 86( l i) ,  a 
46 x 21-in. elliptical paraboloidal sector with a p'ak 
23-dl) gain, is mounted on the spacecraft in a fixed 
position so that the look angles to Earth during the last 
half of the flight will fall within the main lobe of the 
antenna. The antenna's primary function is to transinit 
telemetry to Earth during the last half of the transfer 
orbit aiid for 20 days after planetary encounter during 
the video playback period. 

(a) LOW GAIN 

-- 
Fig. 86. Mariner IV low-gain and high-gain antennas 

The function of the transmission lines is to transfer R F  
energy between the radio subsystem and the antenna 
in the most efficient manner. 

1. Design Evolution of the Low-gain Antenna 

One of the most fundamental considerations in the 
design of the low-gain antenna was the transfer orbit 
characteristics and, hence, the look angles to Earth and 
to the Sun from an inertially oriented spacecraft. The 
spacecraft roll axis would always be pointed toward the 
Sun. This fixed the rtferencc soiircc (the Sun)  for two 
axcs (pitch and yaw) and allowed the solar array to be 
dcyloyed symmetrically about the roll axis. It also al- 
lowed the direction of Earth, relative to the Sun-oriented 
spacvcraft roll axis, to be determined for any particular 
mission or trajectory. This angle is defined as the Earth- 
probe-Sun angle. 

The third axis of freedom (the roll axis) is also fixed 
to a reference. However, the omnidirectional or low-gain 
antcmw is moimted on thc spicecraft with its axis of 
symmc,try colincxr with or piirallcI to the roll axis, and, 
Iicwcc, it is indcpei1de~it of the roll axis refcrence. One 
of the prime rcasons for this orientation of the low-gain 
antcwna is that, in tlic evcnt the third axis reference is 
lost or not acquired, the command communications capa- 
bility to the spacecraft can be guaranteed regardless of 
the third axis orientation. Of course, the communications 
distance (the distance beyond which telemetry to Earth 
is no longer possible) depends primarily upon spacecraft 
transmitted power and antenna gain. 

The Eartli-probe-Sun angles for the Rnngcr program 
were constrained, for various reasons, to be between 40 
and 140 deg. The low-gain antenna used to implement 
this requirement was a disk-cone linearly polarized an- 
tenna. This antenna radiated n toroidal patteni with n u h  
along both ends of the roll axis. It was necessary to 
mount thc antenna sufficiciitly far abovc the bus and 
solar array (1) to gain a clear view of all required look 
angles and (2 )  to reduce thc interference rippk caiiscd 
liy tlic rvflcction off of the spaewr:1ft stnicturc. 

Thc Eartli-pro1,e-Sun angles for Alarincr I 1  wcrc in 
the rear heinisphere (away from the Sun) of the spaccl- 
craft. excqit during a short period whcm the spacccr;lft 
was close to Earth. I h c  to the limitecl dcmign time for 
that program, a Rritig:cr low-gain antenna was used for 
ncar-Earth telemc.try, and a tiirnstilc-clipolc combination 
was uscd on either side of one of the solar panels for 
command reception. The rear-looking turnstile was fed 
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a t  a 6-db-higher le17el than the dipole that was used 
for near-Earth fill-in. 

Since the trajectory to Slars goes outside the Earth's 
orbit, the Earth-probesun angles are primarily in the 
forward hemisphere of the spacecraft. There were some 
trajectories in the early part of the launch window that 
created Earth-probe-Sun angles near Earth up to 
130 deg from the Sun line. This look-angle geometry 
indicated that a simple, circularly polarized antenna such 
as a turnstile, spiral, or crossed slot could be used. The 
basic pattern of these antennas is a cardioid of revolu- 
tion, with the maximum along the axis of symmetry. 
Beam shaping can be controlled with the use of ground 
plane location, size, and shape. 

A major problem was the placement of the radiating 
aperture sufficiently far above the plane of the solar 
array to (1) enable good look-angle geometn, (2) be 
abo1.e the tips of the solar panels when folded, and 
(3) avoid energy rcflecting off of the solar array. Another 
major engineering design hurdle was the requirement 
that the antenna and its support structure be l-ery light- 
weight in order to avoid shifting the spacecraft center of 
gravity upward beyond the midcourse motor's pointing 
adjustment range and to keep the total spacecraft weight 
low. 

The design concept satisfying these requirements was 
a low-gain antenna formed as the termination of a tall 
cylindrical waveguide. The waveguide acts as both the 
mechanical support structure for and the electrical trans- 
mission line to the low-gain antenna. The 7-ft tall, 4-in.- 
diameter tubular wa\yeguide, shown in Fig. 86 ( b  ), was 
too weak a structure when supported in a conventional 
manner to withstand the vibration levels of the space- 
craft boost environment; houwrer, it did fulfill the re- 
quirements of not occluding the high-gain antenna or 
the fields of view of the science instruments. and it did 
place the low-gain antenna high enough abo1.e the 
spacecraft near the spacecraft center line. 

The nm-eguide was made of 0.025-in. \\.all thickness. 
4-in.-diameter tubing. with the antenna aperture ia 
crossed slot) section formed into the end of the tube as 
a four-section crimp. The remainder of the basic radiat- 
ing structure was a 7-in.-diameter by %-in.-thick alumi- 
num honeycomb ground plane bonded to the tube '/4 X 
behind the cross-slot aperture (Fig. S7). 

The resulting total weight of 2.i Ib for antenna and 
support structure (contrasted with an estimated 12 Ib 
for an unusable conventional design approach ) satisfied 
the requirement for lightweight construction, and left 

Fig. 87. low-gain antenna aperture 

0111y the problem of how to make the structure survive 
during boost \ ibration. This structural vibration problem 
was sollred by supporting the wa\.eguide tube with two 
damped struts ( Fig. 88) v7Iiose damping coefficients 

-- T; 

Fig. 88. low-gain antenna damped support struts 
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were sized to strongly couple the first few bending modes 
of the waveguide tube. The application of damped struc- 
tural control to the waveguide structure was so success- 
ful that vilxational stresses in the tulle’s primary bending 
modr were reduced b y  a factor greater than 20, and 
secondary resonances were similarly reduced below the 
level of structural significance. 

The feed or inode lamncher located at the base of the 
waveguide is a constant-pitch conical spiral wire coin- 
ductor supported on a fillerglass cone ( Fig. 89). The 
function of the feed is to convert the RF energy froin 
the coaxial TEA, mode into tlic, circularly polarized TE, I 
\vavcguide mode. The conical feature of the feed pro- 
duces broadband characteristics in both iinpcdance and 
ellipticity. Thc free-space match of the feed is less than 
1.3:l from 2 to 4 Gc, and the ellipticity is less than 1 dll 
froin 2050 to 2350 3lc. 

Upon assembly of the flight waveguides to the inode 
launchers, i t  was discovered that variatioiis in mechani- 
cal tolerances of the tube roundness and crimp geometry 
produccd uixtcccptallly high pattern ellipticity m d  

t 

Fig. 89. low-gain antenna feed 

VSWR. The solution to this problem was to use two 
irises (circular disks each with a large hole in the 
center) in the waveguide near the aperture. The iris 
nearest tlne aperture was used to produce the desired 
ellipticity, and the other one was used to obtain the 
desired match. 

The final electrical paraineters of the low-gain an- 
tenna are listed in Table 25. 

Table 25. low-gain antenna electrical characteristics 
I 

I Value at  Value at 
Parameter 21 16 Mc 2298 Mc 

Peak gain (relative to circular isotropic) 6.4 db 5.4 db 

Ellipticity on axis 4.3 db 2.1 db 

Right-hand circulat 

2. Design Evolution of the High-gain Antenna 

Sincc thc priniary function of the high-gain anteiina 
is to guarantcc transmission of the planetary scicncc data 
back to Earth, thc choice of tlie size and typc of antclink1 
and its location on the spacecraft was allnost immediately 
liinitcd. Since thc data return had to lie guaraiitc~ed, 
rclia1,ility of operation had to be a paramount consider- 
ation; and since the look-angle variations during thc 
period from encounter to encounter plus 20 days were 
limitcd to a few dcgrecs in cone angle and n fraction of 
a degree in clock angle, it was decided to fix tlne antenna 
on the spacecraft without articulation or dcployment. 

Thc only placc a\~ailablc~ for locating a high-gain an- 
tcwna of any practical size with an imollstriicted view of 
Earth during thc ciicouiiter phase was 011 top of thr 
spacecraft superstructure, which was constructed p i -  
marily to support the folded solar pailcls diiriilg tlw 
launcli phasc of the mission. To this support truss wcrc 
attachcd eight struts (dainpcrs ) extending radially 111)- 

ward to the solar paiiels, two struts to cach panel; thcsc, 
struts formcd a conical obstruction that the mounted 
high-gain antcmna had to clcar. The solar panels ww 
also ;I limiting factor to the size of the antc>nna. 

As a rcsiilt, thc lnrgc’st circiilarly syminc’tric ;untc,lrli:k 
( a piIra1lolic antcilnn sc,lcctcd o i l  the Insis of its lligli~~r 
gain-to-weight ratio) that could occiipy the availalll(~ 
space was 40 in. in diaiiwtcr. I-Io\vevc,r, if such ;\n an- 
tenna had hcen used, a period of telemetry blackout 
would have resulted duri11g the middle of the mission 
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when the spacecraft was beyond the range of the low- 
gain antenna and before the look angles to Earth entered 
the region of the main lobe of the high-gain antenna. 
This was highly undesirable, and the only conventional 
solutions to the problem were (1 )  to use a third fill-in 
medium-gain antenna, ( 2 )  to articulate the high-gain 
antenna (e\ren by a single step), or ( 3 )  to reduce the 
gain of the high-gain antenna until the main lobe broad- 
ened sufficiently to eliminate the blackout. -411 of these 
solutions had their undesirable aspects in either added 
complexity or reduced performance. 

The solution used on Mariner ZV, shown in Fig. 86( b) .  
represents the best compromise design. If an elliptical 
sector of a parabolic antenna were used in the a\-ailable 
space. the major axis could be as long as 46 in. and. for 
an approximate 2:  1 aspect ratio, would reduce the peak 
gain by only 1.8 db. The prime ad\.antage of the sector 
is that, in the plane of the minor axis. the beamwidth is 
the same as a symmetrical antenna of the minor axis 
dimension but at a 3-db-higher level. 

The dimensions and shape of the reflector were not 
finalized until a thorough parameter study had been per- 
formed on the feed system. \freight and size were of 
primary importance in the feed design considerations. 
\f’eight was important because tlie feed and antenna 
support structures had to be sized to hold tlie feed about 
16 in. in front of the parabolic reflector vertex. Size was 
important since the feed of a relatively small reflector at 
S-linnd presents a blockage factor that can seriousl\. re- 
duce efficiency. 

A small antenna feed that was under development for 
tlie Mariner B program appeared to be an ideal choice. 
The three outstanding features were its small bos- 
shaped ground plane (approximately 0.6 x square), its 
low ellipticit!. over the entire main lobe (less than 1 db). 
and its low back-radiation (typically -20 to -25 db). 
Two of these cupped turnstile antennas were arrayed 
together to produce the proper illumination for the 
elliptically shaped reflector (Fig. 90). 

I t  \vas decided to use element spacing and bo\ dimen- 
sions that could illiuninate a sector v ith tlie highest 
aspect ratio obtainable 11 ith two elements. since this 
\vould produce the liroatlest beamividth in the plane of 
the Earth track (look angles to Earth during thc trajec- 
tory ) and. hence, rednce the “grey-out” prohlem to a 
minimum. Grey-out occurs hen the nominal communi- 
cations margin is pociti\ e Iiut less than the sum of the 
negative system tolerances. 

Fig. 90. High-gain antenna feed 

In order to feed the two turnstile elements in phase and 
with equal amplitude. a strip-line power splitter and 
matching circuit \vas built into the back of the dual-box 
ground plane. llatching this circuit to the ty-pically 
narrow-band turnstile elements at both 2298 and 2116 ?\IC 
trirned into a major problem area during preliminary 
design. The ’ I 3 T ’ R  at 2298 \ l c  was 1.2:1, while a t  
2116 l l c  it was -1.O:l with a simple T-junction. However, 
tlie problem was e\ entnally solved by extending the 
length of the strip-line from the common T to the ele- 
ments to include ‘/4 ,\ transformers, and by using match- 
ing stubs. 

The final results of the design effort produced an 
antenna with the nominal characteristics given in 
Table 26. 

The high-gain antenna radiation patterns in the planes 
of the minor and major axes are shown in Fig. 91 and 92. 

Table 26. High-gain antenna electrical characteristics 

Parorneter 

Peak gain (relative to circular isotropic) 

Ellipticity on oxis 6.5 db  0.6 db 

1.22:l 1.14:l 

Right-hand circular 
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3. Special Tests 

a. High-gain antenna thermal-tibration test. D u r i 11 g 
analysis of the Mariner boost environment at the high- 
gain antenna. it was discovered that considerable aero- 
dynamic heating of the antenna reflector would occur 
during the Agena burns. This heating led to some struc- 
tural weakening of the bonded reflector and presented 
the possibility that the vibration levels experienced dur- 
ing Agena burns might significantly weaken the antenna. 
A combined thermal-vibration antenna test was per- 
formed to verify that this condition would not degrade 
the antenna structure (Fig. 93). A bank of heat lamps 
provided the required 220°F temperature, and a special 
magnetic tape was tailored to provide a vibration en- 
vironment equivalent to the Agenn burn. The \ ibration 
testins simulated transient impulses by the input of 
exponentially decaying sinusoids and also by the input 
of rapidly frequency-swept sinusoids. These tw7o types 
of inputs were analytically tailored to produce the same 
structural response of the antenna, and the results of the 
two types of tests were compared to determine the simi- 
larity between the results and the analytical predictions. 

The results revealed only moderate agreement be- 
tween the antenna's structural response to the swept 
sine and the decaying sine transient, although the anten- 
na easily passed both tests. I t  was concluded that further 
refinement of the transient testing technique was needed 
to achieve accurate transient waveforms in the test 
laboratory. 

Fig. 93. High-gain antenna thermal-vibration test 

b. High-gain antenna teniperature control design ceri- 
fication test. This high-gain antenna tcst was intended to 
releal any focusing of sunlight on the feed that could 
result in the feed o\ erheating. An octagonal frame, siniu- 
lating the spacecraft, was fitted with heaters so that its 
temperature could be controlled to match eqected 
spacecraft temperatures. The high-gc&i antenna assem- 
bly was mounted to the top of the frame, along with a 
multiple-layer mylar heat shield, which simulated the 
antenna-spacecraft thermal interface. The entire appara- 
tus was suspended in the 2.5-ft solar simulator in a position 
th,it simulated the worst-caw antenna hedting configura- 
tion. Figtire 94 shows the tmt apparatu5 in the simulator. 

The high-gain antenna feed did not exceed 70°F in 
the test. This was well below its maximum allowable 
temperature of 150" F. The test showed that there would 
not be any significant sunlight focusing on the feed, and 
therefore no special provisions or maneu\.er orientation 
restrictions were required. 

c. High- and lowgain antenna pattern tests (mockup). 
Antenna pattern tests \vere conducted to confirm the 

Fig. 94. High-gain antenna temperature control test 
in 25-ft space simulator 
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adequacy of the spacecraft high- and low-gain antenna 
RF patterns. These patterns had to be known for differ- 
ent spacecraft configurations and attitudes. 

The initial tests were performed using a full scale alu- 
minum spacecraft mockup, which duplicated the exterior 
spacecraft envelope to within in. The mockup in- 
cluded accurate antenna mounting dimensions and simu- 
lated all RF reflective surfaces. Structurally, the mockup 
had to withstand winds up to 40 mph and generally 
rougher handling than a flight spacecraft. 

The test range consists of a 22-ft-high filierglass tower 
on which the mockup spacecraft was mounted with the 
roll axis parallel to the ground. A shelter approximately 
100 yards from the tower houses the controls for rotating 
the tower and instrumentation recording equipment. A 
10-ft diameter dish antenna is situated 3300 ft away 
from the tower; the antenna was used to illuminate the 
spacecraft with RF energy. 

The spacecraft high-gain antenna was aimed at the 
remote dish by a theodolite, which, in turn, indexed the 
tower for repositioning. 

The spacecraft was rotated in clock and azimuth angles 
while illuminated by the remote dish. A digital antenna- 
pattern recorder continuously recorded on inagnetic tape 
the signal levels at different spacecraft orient a t’ 1011s. 

Satisfactory preliminary antenna pattern information 
was recorded from this test. However, further testing on 
a flight-type antenna system was required. Later tests 
verified that a more representative spacecraft geometry 
was required for determining final pattern profiles. 

d.  Developmental test model pattern tests. The devel- 
opnieiltal test model spacecraft was used for final pat- 
tern tests. The sequence of operation was much the 
same as for the mockup vehicle pattcmi tests, except for 
the spacecraft handling operation. The preparation of 
the spacecraft includcd rcnioving all internal components 
for weight rcduction, and ;idding siinulated solar vanes, 
science experiments, and temperature control louvers. 
The use  of flight-typc solar paiicls dictated that wind 
load calculations hcavily influcncc~ the design of thc, 
spaceframc support structure and mounting technique 
(Fig. 95). Aligninent of the spacecraft to the remote 
antenna was aided by thc use of a telescopic sight that 
was mounted directly to the spacecraft. To safegllard the 
vehicle and to obtain inore accurate data, a wind velocity 

Fig. 95. High- and low-gain antenna pattern tests 
using the developmental test model 

meter was installed, after which the spacecraft was re- 
oriented to a more favorable position in high winds. 

Figures 96 and 97 compare the effect of the spacecraft 
on the low-gain antenna radiation pattern. Figure 96 is 
a right- and left-hand circularly polarized pattern of the 
antenna itself. Figure 97 is a right-hand circular-polariza- 
tion pattern in the same plane of the antenna but 
mountcd on the spacecraft. The higher-freqnency rippk 
superimposed on the nominal pattern is caused by reflec- 
tions off of the bpcecraft structure from o to 110 deg 
and a combination of reflections and diffraction from 
110 to 180 deg. 

4. High-gain Antenna Mechanical Development 

a. High-gain antenna ref lector deve lopment .  Thc: 
A l  (I r i ti c I’ AI a rs high - ga i n an ten n a ref1 ec tor, un 1 i kc 
the Alrrrincr Venus 1962 and Rnngcr reflectors, was re- 
cluircd to be self-supporting dwing the vibration :lnd 
acceleration of rockct launch. Thc auxiliary reflector 
support structure used for the Aluriner Venus 1962 and 
Rnnger antcmnas could not be used because the Mariner 
Mars antenna had to lie located on top of, rather than 
underneath, the spacecraft. IVithout auxiliary supports, a 
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Mariner Venus 1962�Ranger type of reflector structure

would have had to be greatly strengthened in order to

survive the boost environment, which would have re-

sulted in a prohibitive weight.

The development of new antenna reflector design con-

cepts had been underway in the Mariner B project for

approximately a year prior to the start of the Mariner

Mars project, and three approaches were showing prom-

ise of success. These approaches were: (1) explosion-

forming and chemically milling an aluminum parabolic

reflector, then fabricating a support structure to strength-

en the basic shell and attaching that structure to the

shell's back side; (2) hot-molding a fiberglass honey-

comb core to a parabolic shape, then laying up thin

fiberglass face skins on that core; and (8) machining an

aluminum honeycomb core to a parabolic shape, then

vacuum-drawing aluminum-foil face skins and bonding

them to the core. All three approaches could be made to

work, although each offered some advantages and some

significant problems. The main drawback of the

explosion-formed reflector was its low stiffness-to-weight
ratio and, hence, its high total weight for a given appli-

cation. The Mariner weight limitations made this pre-

dictable and conservative approach seem an undesirable

one to pursue.

The fiberglass honeycomb reflector offered the high

stiffness-to-weight ratio of a honeycomb sandwich con-
struction combined with the ease of fabrication inherent

in fiberglass laminate lay-ups. The actual construction
of this reflector, however, revealed some difficult prob-

lems. A combination of weight control difficulties, poor

structural performance, and conductive coating problems
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made the fiberglass honeycomb reflector an undesirable

choice for the high-gain antenna design and, consequent-

]y it was eliminated from further consideration.

ing aluminum foils into a reliable structure. Nevertheless,
it was decided that the Mariner reflector design would

use aluminum honeycomb construction.

b. Aluminum honeycomb reflector. The aluminum

honeycomb reflector offered the potential of a higher
stiffness-to-weight ratio (lower weigbt) than any other
material and/or construction teelmique. However, attain-

ment of this full potential was hampered by the difficult
fabrication problems associated with forming and bond-

Three major fabrication problems were considered in
formulating the Mariner high-gain antenna reflector.
These were: (1) the difficulty of forming the foil face
skins without ruptnring them; (2) the expense, produc-
tion time, and accuracy problems involved in machining
the reflector's honeycomb core from a massive block of
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aluminum honeycomb; and (3) the problem of reducing

adhesive weight and, at the same time, ensuring structur-
ally reliable bonds between face skins and core.

The face skin drawing problem was solved by using

very soft aluminum and by being exceptionally careful

to select foil with no mill roller marks or imperfections.
Because the use of soft aluminum did not weaken the

reflector structure, the failure mode of very lightweight

honeycomb sandwich construction is a buckling of the

face skins, a phenomenon dependent on the elastic mod-

ulus of the face skins and not on their yield strength.

The core machining problem was minimized by de-

signing the reflector as a thin shell supported by a honey-
comb back beam structure. The thin reflector was then

formed to a parabolic shape from a ½-in.-thick sheet of

honeycomb (rather than being machined from a mono-

lithic block). The amount of machining required to pro-

duce a back beam structure from a block of honeycomb

core was small compared to the amount required to pro-
duce a complete reflector shell. The "thin shell plus back

beam" reflector design made it possible to produce a

lighter-weight structure than would have been possible
with a deep section shell, since stiffness from the back

beam could be strategically placed in areas of maximum

stress with a minimum of dead weight being carried in
the reflector structure.

The high adhesive weight problem, which was very

serious in the fiberglass reflector fabrication, remained

a problem in the fabrication of foil-gauge aluminum

honeycomb structures. The problem was that when

enough adhesive was used to form large reliable fillets

and to bridge crevices between core and face skins, that

adhesive layer then became a significant part of the
structure's weight.

The obvious approach to reducing adhesive weight

was the use of a very thin adhesive film in the face-skin
bonding operation. No commercial structural adhesive

was available in the weight desired; however, some

investigation revealed that a thin film (1 mil) adhesive,

originally designed for bonding copper foil to fiberglass
circuit boards, was available. This adhesive had not

previously been used in honeycomb structural bonding,

but it did have good wetting properties, fairly good peel
strength, and was commercially available on short notice.

Laboratory testing on small samples of honeycomb indi-

cated good sandwich strength (200 psi flatwise tension)
and acceptable peeling behavior.

An alternate approach to reducing adhesive weight

was using liquid adhesive (rather than the partially pre-

cured films) and roller-coating it onto the honeycomb

core cell edges just before applying the face skins. The

many drawbacks of the roller-coating technique, how-

ever, led to the selection of thin film bonding as the only
acceptable lightweight bonding technique.

There was some concern about the thin-film-bonded

structure's sensitivity to the tolerance variations encoun-

tered from piece to piece. Of special concern was the

possibility of unevenly cut honeycomb failing to meet

the face skins with a tight enough fitting join line. If this

occurred, crevices would exist at the joint that the sparse-

ly used adhesive could not fill, and the structural strength
of the sandwich would be greatly reduced. To ensure

that no such crevices would exist during bonding, the

sandwich structure was bonded with a vacuum bag over
the reflector's back skin and with a soft surface between

the reflector's front skin and the parabolic mandrel. Such

an arrangement pressed the 4-mil face skins against the
honeycomb core hard enough to stretch the face skin

material into dimples over each cell. This ensured that

the perimeter of each cell was a tight join line ready for
bonding. The slight dimpling of the reflector face skins

did not reduce the stiffness of the reflector as measured

by natural resonant frequency of the structure, and did
not degrade its radio reflector characteristics.

The dimpling technique worked very well in the pro-

duction of thin-skin reflector shells with a resulting

successful production of ten reflectors and no rejects.

Unfortunately, this technique was not applicable to

bonding of the heavier 16-mil skins used on the reflec-

tor's back stiffening beam. A test back beam was bonded

using the lightweight 1-mil film adhesive and 16-mil

skins, but significant areas of the face skins failed to

bond properly to the core; the skins were too stiff to fol-

low slight variations in the core height. Fortunately, the

total area of the beam skin bonds was only 154 in. 2
as compared to the reflector face skin's bond area of

1620 in. 2, so it seemed reasonable to switch to a heavier

adhesive for this small area rather than try to develop

lightweight bonding techniques for thick face skins. The
final result of reflector fabrication was a 46 × 21.2-in.

elliptical sector of an 8-in.-deep parabola with a weight

of 1.73 lb, a fundamental resonant frequency of 120 cps,

and a maximum variation from the desired parabolic

surface of 0.040 in. or approximately 0.007 )t at S-band

frequencies. This accuracy is almost an order of magni-

tude greater than was necessary for good reflector per-

formance; thus, frequencies of radio transmission an
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order of magnitude higher could lie accommodated with 
no improvement in reflector accuracy required. 

c. Antenna support truss. The geometry of the trans- 
fer orbit from Earth to Mars required the high-gain 
antenna to be mounted on top of the spacecraft and to 
be pointed down 38 deg from the vertical. This pointing 
angle required the use of a rather awkward support truss 
(Fig. 98), consisting of a conventional three-point to 
three-point trusswork skewed so that the top plane of 
the truss was at a 38-deg angle to tlie bottom plane. 
\Vith a little juggling of dimensions, it w a s  possible to 
placc six of tlie nine truss nieiiil)ers in a single plane. 
These six members and their associated joints \vue then 
simplified to a single plate hogged-out into a network of 
magnesium channcl sections, and the remaining three 
members were created by the conventional application 
of almninmn tubes with riveted inagnesium end fittings. 
This truss could have lieen made stiffer and would have 
been easier to mate with the spacecraft superstructure 
had it lxen a four-point to four-point mount rather than 
a three-point to three-point mount. However, adjust- 
ability of the antenna pointing angle in the field (by 
shimming the truss) was considered an important design 
requisite. Had thc truss l ~ ~ n  mountcd at four points, it 
would have been difficult to make adjustmcnts and wen 
more difficult to prevent development of residual 
stresses due to such adjustmcnts. Furtherniorc,, tlic thrce- 
legged truss minimized the possibility of internal thermal 
stresses developing due to thermal gradients in the truss. 

A major decision in the design of the antenna support 
truss was the choice between closing the top of the truss 
with three conventional truss members and closing the 
trim with the honeycomb rcflector shell. The conven- 
tional truss inemher closure offered tlie advantages of 
casy analysis and inem1)er sizing, h i t  had the distinct 
disadvantagc of creating a redundant structure parallel 
to the rcflector. It \vas decided to us(' the conventional 
closrirc), and the thermal stressc's inherent in the redun- 
dant truss strricturc werc minimized b y  thcrmally clamp- 
ing the reflector and hick triiss. Thc triiss tubes and 
joints w c w  polishcd to iiiiiiimizc. hcat loss. The attach 
points to the dish wcw: largcl iirca attaclimcmts that 
maximized hclat transfcr from thc refkctor to the truss. 
Scvcrc thcrni;il tvsting of the reflector iind 1)ack truss 
was condiictcd cliiring spacccraft systcm tcsts, with the 
rcflcctor making trnnsicwt thc~rnial csciirsiolis fro111 + 200 
to -40°F; i n  15 niin. No structural pro1)lcms occurred 
during tliesc tests. Further thermal tests of stc,ady-state 
conditions indicatcd that rcflcctor tip deflections of less 
than 0.025 in.  would occur as the reflector temperature 

Fig. 98. High-gain antenna support truss 

ranged from 200°F in the near-Earth conditions to 50" F 
in the near-Mars conditions. Thcse small excursions were 
cntirely acccptal)le, and the attcmpts at thermal clamp- 
ing of thc truss and reflector were deemed successful. 

(1. Feed support truss. The feed support truss was re- 
cliiiretl to hold the feed of the high-gain antenna above 
thc rcflcctor and to be adjustable so that the feed could 
1 ) ~  translated parallel and perpendicular to the reflector 
plane during assembly. Also, it was desirable that the 
feed have tlie capability of being rocked, with respect to 
thcl support truss, to allow accurate pointing of the feed 
toward the center of the reflector. These adjustments 
wcre accoinplishcd b y  shimming hetwecw the reflector 
and truss for feed translations, and shimming between 
the fccd and the truss for fcccl rotations (rocking). In 
addition to pro\-iding support and allowing adjiistnient, 
thc feed support truss \vas rcquircd to 1)c nonconducti\:c 
and a s  transparcnt to S-\)and radiation a s  practical, and 
to maintain accuratc fccd alignmmt over thc expected 
range of tempcraturc~s lictwecn Earth and Mars. Th(' 
nonconductivity rcquirement Icd to the iisc of iinidircc- 
tional fibcq$ass tubing and plastic end fittings in th(1 
fccd truss construction. 

Attaching unidircctional fi1)crglass t r i h  to truss c d  
fittings posed a ne\v ~iro1)lcin in fabrication. Thc iisc of 
rivets was ruled out by thc extremely low 1)c;iriiig 
strength of fiberglass in the direction of load (a rivet 
would just slide along lxtwecn the fiber stringers under 
load). The only reasonable solution for the end fitting 
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attachment was to use bonded joints, and even this posed

a problem in quality control. In order to make the bond

joints inspectable, the truss end fittings were machined

from clear plastic and were designed so that the fittings
slipped over the tubes rather than inside them. The fit-

tings were drilled with adhesive injection holes and ad-

hesive was syringed into the holes; coverage of the

adhesive was observed through the clear tube fittings.
This technique yielded consistent 85 to 90_ bond areas

and presented no significant problems.

The fittings themselves were machined from a high-

strength lexan plastic (10,000 psi ultimate) with good

toughness, fairly good dimensional stability, and a den-

sity about half that of aluminum. The use of plastic
rather than aluminum end fittings, and the use of uni-

directional rather than commercial grade fiberglass tubes

led to the development of a feed support truss with half

the weight of a more conventionally designed one. At the

same time, this lightweight truss was much more resis-
tant to vibrational and shock overloads than a conven-

tional truss would have been. The truss design concept
was so successful that it would be wise to consider its

application to future spacecraft designs.

e. High-gain antenna feed design. The high-gain an-

tenna feed is composed of two turnstile antennas (feed

tubes supporting crossed dipoles) mounted in a rectan-
gular box, which faces down toward the reflector vertex.

The main support tube and crossed dipole tubes of each

turnstile were machined as one piece from high-temper

aluminum alloy. These machinings were cheaper, lighter,

stronger, and more accurately made than the equivalent
fabricated oven-brazed assemblies used on Mariner

Venus 1962 and Ranger. The Mariner Mars machined

turnstile assemblies were superior in every way to the

former brazed assemblies. The final feed assembling

was accomplished by simply bolting the turnstiles, feed
box, electrical connector, and electrical distribution

printed circuit together into one assembly. The reflector

was installed on the antenna support truss and shimmed

into proper alignment. The feed, feed coax, and feed

support truss were then mated to the reflector and

shinuned into alignment. A final inspection verified re-
flector and feed alignment, and the antenna was deliv-

ered to the antenna range for pattern checks.

f. Special properties of foil-gauge aluminum honey-

comb structure. Because of the fragile nature of the

high-gain reflector, considerable concern was expressed

about its repairability and the likelihood of irreparable

damage occurring during routine handling. To help pre-

vent handling damage the reflector was edged with a

rigid foam filler that could withstand minor knocks and

squeezes.

Both times that antenna reflectors were damaged, it

was the result of a heavy blow to the edge of the reflec-

tor. These blows caused the honeycomb core to collapse

laterally and shear the face-skin bonds. The unsupported
face skins then lifted from the core surface and folded

back with no severe wrinkling or tearing. The damage

looked much worse than it was and, in fact, was easily

repaired, since no tearing or crumpling of the honey-
comb cell walls or of the face skins had occurred. To

repair the damage, the face skins were folded back from

the core, the core was pulled back into an expanded

condition using right angled forceps, and the face skins

were coated with adhesive, clamped into position against

the core, and allowed to cure. This repair sequence was

performed in less than an hour without removing the

antenna from the spacecraft and without significantly de-

laying other spacecraft operations that were in process.

g. Special testing of foil-gauge aluminum honeycomb

structure. The temperature sensitivity of a bonded struc-

ture and the thin gauge of the aluminum foils used in

the structure led to two special tests unique to the an-

tenna reflector. These tests were deemed necessary for

the proper qualification of the reflector for spacecraft

application.

One test was an acoustical environment test in which

145 db of white noise was played upon the reflector

face. There was some concern that high-amplitude flut-

ter would be induced in the aluminum foils, and that

the flutter would either rupture the cells or weaken the

bonds within the sandwich. However, no problems were
encountered in the test.

The second test that became necessary was a low-level

vibration test described in paragraph 3a.

5. Low-galn Antenna Mechanical Development

a. Fabrication. Once it was established that the

waveguide-fed low-gain antenna was electrically and

mechanically feasible, it became necessary to develop

manufacturing methods that would produce dimension-

ally accurate waveguides and terminations from large

diameter thin-walled aluminum tubing. Some typical

waveguide tube dimensional requirements were: (1) a

tube roundness within 0.003 of the tube diameter (an

electrical constraint), (2) a tube wall thickness equaling

0.006 of the tube diameter (a weight consideration), and

157



JPL TECHNICAL REPORT NO. 32-740 

(3)  formation of a four-pointed crimp at the tube end, 
transitioning in one tube diameter from the round wave- 
guide section to an accurate, crossed-slot aperture (an 
electrical constraint). In addition to severe dimensional 
constraints, it was required that the waveguide be made 
of highly tempered aluminum in order to prevent the 
tubing from getting out-of-round during normal han- 
dling. The use of high yield strength aluminum in the 
forming operations caused problems in manufacturing: 
primarily, spring-back, the possilility of brittle fracture 
during severe forming, and dimensional control difficul- 
ties. Thc: tubing was specially drawn into 7j5-ft by 
0.025-in. wall sections from relatively thick-walled short 
sections of tubing stock; and, in a multiplc draw opera- 
tion, it was accurately sized to thc required diameter and 
roundness tolerances. A secondary forming operation 
used an adjustable inside mandrel, and an exterior clamp- 
ing die created the crossed-slot (cruciform) aperture that 
formed the radiating elemclnt. The tube was then hung 
by one end in a heat-trcat oven and artificially aged. 
Each of the manufacturing steps significantly influenced 
the tube roundness, straightness, and cruciform dimen- 
sions to such an extent that only selected tubes could bc 
used as  flight antcmnas; the rcmainder of the tubes 
wcrc used for structural tcst models and antenna perfor- 
mance sensitivity tests. 

Further complications in tube production developed 
when the need for two additional specifications was 
brought to light. One of these required that the interior 
of the tubes be gold-plated to ensure that no skin corro- 
sion was present to inhibit radio propagation within the 
waveguide. The second specification was that the tube’s 
exterior be polished to a mirror-bright finish in order to 
properly control tlie temperature of the waveguide and 
scientific instruments attaclied to the waveguide. 

An evaluation of tulie-surface corrosion rates and of 
surface corrosion effects on H F  propagation was con- 
ducted. The results of this corrosion evaluation were that 
no significant propagation effects would occur on a 
buffed aluminnin surface in an air-conditioned environ- 
ment within a one to two ycar period. As a result of tllc 
corrosion testing program, the gold-plating progriiin was 
dropped nnd the tulle intcriors wcre givcn a corrosion- 
inhibiting finish huff after heat treatinent. 

The temperatiire control requirement that waveguide 
exterior surfaces be polished mirror-bright led to an un- 
expected production problem. Polishing the waveguide 
tube surface created high local temperatures and pres- 
sures where the buffing wheel contacted the alumintul-,, 

and the buffing created unbalanced surface stresses that 
induced bowing in the tube. On test waveguides the 
finish buffing induced bends as large as 3/s in., even 
though the tubes were water-cooled from the inside and 
the buffing was done by a very experienced and compe- 
tent workman. Tube warping during final polish proved 
to be such a problem that compromise techniques were 
seriously considered. It was finally concluded that a 
lightly huffed hazy-mirror finish provided very nearly 
the same temperature effect as a heavily buffed bright- 
mirror finish, but without the production problems of 
high surface stresses and bowed tubes. A hazy-mirror 
finish was successfully used on the flight waveguides. 

I?. Detailed design. Some problems were encountered 
in the process of designing tlie low-gain antenna, its 
mounting hardware, and the attach bracketry for the 
waveguide-mounted science experiments. For instance, 
the process of choosing waveguide tube wall thickness 
was not based on the usual structural criteria of the 
strength required to withstand spacecraft boost environ- 
ment. It became necessary to choose a wall thickness 
based on the nebulous criterion of minimuin gauge for 
siicccxful tube production, minimum gauge for ease of 
handling, and minimum gauge for achieving acceptable 
waveguidc roundness. Although it was the most nebu- 
lous, it was the criterion of handling that actually sized 
the waveguide thickness. 

lluring flight spacecraft assembly and operations, the 
assembly technicians were given special instruction on 
antenna handling, and a special shipping and storing 
rack (Fig. 99) was used with the result that no flight 

k&- 

Fig. 99. low-gain antenna shipping and storing rack 
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waveguide tubes were damaged at any time during the

program.

The dimensional variations of the waveguide termina-

tion cruciform and the variations in waveguide round-

ness from tube to tube did cause some serious difficulty

in early phases of the low-gain antenna development

program. It was never well established whether the

antenna performance variations were due primarily to

waveguide out-of-roundness or to cruciform tolerance

variations. Both tolerance problems were solved, how-

ever, with a technique of antenna tuning using internally

mounted iris plates. This made the antenna performance

less sensitive to the tolerance variations that were pro-

duced during manufacture.

In addition to the problems associated with thin gauge

waveguide tubing, another set of problems was pre-

sented by an electrical requirement that no items such

as rivets, screws, bolts, or nuts could be allowed on the

inner surface of the waveguide tube. The result was

the extensive use of bonding in the attachment of brack-

etry to the waveguide tube. The bracketry was made in

the form of close-fit hoops that slid over the waveguide

tube and then were bonded in place. The bonding was

accomplished by injecting adhesive through vent holes

in the bracketry with a syringe. This technique proved

to produce bonding over 50 to 80% of the joint area as

opposed to less than 20% of the area when the parts

were precoated with adhesive and slipped together. The

bracket hoops were made quite wide, with typical joint

safety factors running well over a factor of 10. Such con-

servative joint design alleviated concern over bonded
joint failure, and, because of the lack of load concentra-

tion, the flight bracketry designs came out lighter than

they would have if they had been designed for riveting.

No failures of bracket bond joints occurred during any

phase of the test and flight programs; in fact, an ultimate

load test of the most suspect bracket resulted in a

bracket failure at five times the design load with still no

failure in its bonded joint. An interesting advantage of

the bonded bracketry was discovered when magnetome-

ter scientists asked that one bracket be electrically insu-

lated from the waveguide tube. This was accomplished

by simply bonding a thin layer of fiberglass inside the

bracket hoop, then bonding the hoop with fiberglass to
the waveguide tube.

6. Antenna RF Transmission Lines

The Mariner Mars antenna transmission lines consist

of two coaxial cables running from the top of the com-

munications bay on the spacecraft bus to the low- and

high-gain antenna feed input connectors. The transmis-

sion lines were required to be extremely light weight, to

be low loss, and to be routed between terminals by the
shortest possible route. Previous spacecraft cables con-

sisted of the RG series of flexible cables, which are quite

heavy because they use a solid dielectric between center
and outer conductors of the coaxial cable. For the

Mariner Mars high-gain antenna, it was decided to use
semiflexible solid outer conductor coaxial cables. With

the solid outer conductor construction, the coaxial cable

dielectric could be made hollow, allowing the same

diameter semiflexible cable but with less weight and

transmission loss than an equivalent RG cable. The long

(5-ft) cable run to the high-gain antenna made this light-

weight low-loss cable very desirable.

In contrast to the high-gain antenna, the low-gain

antenna feed connector was located very near the com-

munications bay. The short cable run that was required

and the fact that the low-gain antenna could move under

loading, stipulated that a short piece of flexible cable

be used for the low-gain antenna transmission line. To

minimize weight and provide the required flexibility,

RG-142A/U cable with gold-plated aluminum type N

connectors was used. Because of the low RF power level

(10 w), the air dielectric section of the mated type N

connector was not susceptible to multipacting-type RF

breakdown, and the design was the same as the original

cables used on Ranger. A temperature control outer cov-

ering was not required on the cable because the unit

was completely within the spacecraft thermal shielding.

In addition to the normal electrical impedance and

insertion loss measurements, the production units were

checked for pin depth and concentricity, and X-rays of

the attached connectors were made to ensure proper
assembly. As a sidelight, it was discovered that the flex-

ible cable center conductor was copper-jacketed steel;
however, the small amount of ferrous material was lo-

cated far enough away from the spacecraft Helium

Magnetometer not to affect its operation.

Early in the design phase it was decided to use

!,_-in.-diameter high-temperature cable, with a hollow
silver-plated aluminum center conductor, to run from

the communications bay to a point below the rear of the

high-gain antenna reflector where a reducer coupling

would be located to meet %-in. cable coming from the

antenna feed. The reducer coupling would be used to

connect the different sized cables together and to pro-

vide a cable disconnect to facilitate mating the high-gain

antenna to the spacecraft. One-half inch cable was
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selected for use below the reflector to mininlize loss, and

a/s-in, cable was selected for use above the reflector to

minilnize shadow loss and distortion ()t: th(' hi_h-gain

pattern.

Tile cable design layout had to be acc(mlplished by

descriptive geometry from prototype structural drawings

of the spacecraft since no mockups were available. To

simplify tooling and layout, all bend radii of the cable

assembly were to be tlle same. Tests of cable VSWR

versus bend radii showed that a bend factor of 3 (i.e.,
minimum bend radius equal to three times the cable

diameter) could be used. A bend factor of 10 is normally

recommended; however, by careful tooling design, tile

tendency for the outer conductor to collapse and the in-
ner conductor to move off center was avoided.

Further investigation of the design indicated that by

removing the connector at the high-gain feed and using

1/._,-in. chemically milled cable for the complete ran, the

reducer would decrease in weight and complexity to a

simple union, and tile overall insertion loss of the cable

could be reduced with hardly any weight change over
the first design. It was also determined that the !/:,-in.

cable did not cause any significant antenna performance
changes due to the increased size.

Eliminating the feed connector required the develop-

ment of a new series of adapters and terminations along

with slotted line transitions for testing purposes. The

weight saving turned out to be somewhat marginal,

while the increase in complexity in testing was rather

large. However, since no transitions or adapters to vari-

ous sections were required for flight, tile electrical

performance was improved over the standard adapter-

connector-connector-adapter RF fitting arrangement.

Tlle disconnect union below the high-gain reflector was

designed originally to provide separation by reversing the

process of attaching the union to tile cable. The one-

piece union was attached to the cable by a tapered,

toothed split ring driven by a jam nut against a mating

taper in the union body. The split ring was constricted,
so that its teeth dug into the rather soft aluminum of the

cable outer conductor. It was felt that this operation
could be successfully accomplished a dozen or more

times before the cable would be prejudiced toward

separating at tlle tooth marks. However, later vibration

testing showed that the unsecured jam nuts that drove

tilt, split rings could be loosened during vibration, and

it was decided to secure tile assembly with epoxy.

IIence, a split union had to be designed to effect separa-

tion of tile antenna from tile spacecraft. The final design
was a male and female tapered flanged version of the

original one-piece union secured with two internally ta-

pered semicircular rings. The rings had ears for being
mated with nyh)('k screws. The toleran('es on the union

parts were adjusted threc times, and, even [lien, selec-

tivity was finally required to allow proper mating of the
many small critical parts.

To acconnnodate the chemical milling, the cable had

to be specially run at the factory to prevent any

scratches and to select lengths that did not have pits or

dents in the cable, since chemical milling would simply
reproduce the imperfections in the thinner-walled fin-

ished product. Two rmls were rejected before a final

satisfactory run was obtained and, unfortunately, by that
time the development schedule had to eliminate chemi-

cal milling l)ecause there was not enough time reinaining.

Special hand-polished l)ending blocks were fabricated
to bend the cable, and extreme care was exercised to

avoid scratching the surface of the soft aluminum. The

entire hending run had to be committed at the same

time, since there was insufficient lead time to bend one

cable, cut it to length, assemble connectors, and test on

a mockup. It was felt that minor length differences could

l)e taken care of by simply hand-tightening or increasing

some of the many hends in the cable. Minor angular dis-

crepancies could also be corrected in the same way. As it

turned out, the upper cables were :_/._,in. too short and

a bend in the lower cable was misoriented by about

45 deg.

After bending, the cables were cut to length on a

milling machine; cable contamination caused by chips

entering the space between the inner and outer eon-

ductors was prevented by blowing filtered shop air

through the free end of the cable. After cutting, the

upper cable was mirror-polished for thermal control.

To allow a short lower cable run, it was decided t(:

use a right-angle eomlector on the cable end at tht

communications bay. A special gold-plated almninurr

connector with a brazed miter joint and weighing les
than 1 oz was fabricated. Extensive vibration ant

shock testing, with X-rays taken both before and afte

each test, was required to verify the mechanical ade

quacy of the design.

The cables could not be rigidly fastened to the space

craft's tutmlar superstructure, so special viton spacer
were fabricated to mate between the cable and th

spacecraft. Tlle cable and structure were then tied to

gether with dacron lacing cord, with the viton space

bonded between the two pieces.
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The upper cable was permanently attached to the
high-gain antenna and remained there to limit the

amount of assembly required around the easily crushed
honeycomb reflector.

The semiflexible cable became semirigid after all the

bends were put in, and the cable run stiffened the high-

gain feed support assembly. It was necessary, in fact, to

ensure perfect cable alignment to the feed support struc-

ture before final assembly in order to keep the cable

from pulling the feed out of alignment. The cable ends

were masked so that, during the chemical milling proc-
ess, full wall thickness could be retained for connector

attachment. The cables had to be bent before they were
chemically milled, because full wall thickness was re-

quired to prevent collapsing during bending. One-half
inch cable with a final wall thickness of 0.015 to 0.020 in.

caused no problems even in bend areas.

7. Structural-electrical Interactions of the Low- and

High-gain Antenna Design

During the design phases of the low- and high-gain

antennas, it was important that the constraints of and

the alternative approaches to each problem be well

understood by both the mechanical and the electrical

engineers guiding the design. For instance, an elec-

trical requirement that the waveguide interior be gold-

plated resulted in a mechanical problem in holding tube

tolerances and in developing plating techniques. These

problems disappeared after subsequent discussions, and

a short test program revealed that buffing the interior

was easier and satisfied the electrical conductivity re-

quirements. Conversely, when the electrical engineer

had difficulty obtaining ready-made parabolic spinnings

of correct contour for initial high-gain antenna develop-

ment tests, the mechanical engineer was able to have

such spinnings made in time to meet development sched-
ules. Close coordination of the electrical and mechanical

trade-offs between weight, dimensional accuracy, an-

tenna pattern variations, and antenna positioning was

imperative to the successful development and production

of these high-performance lightweight antennas. Because

a straightforward development would have nearly dou-

bled the lead time required for delivery of a flight

antenna, an approach was used that involved analytical

rough estimation of the antenna configuration. This

approach was followed by parallel efforts of analytical

configuration refinement and a gross test program using

a range of antenna geometries that would hopefully

cover the elusive optimum case. About midway through

the analytical refinement and testing program, an edu-

cated guess was made at the exact configurations of the

antennas, and detailed flight hardware design was begun

on the assumption that this guess would be unerringly
correct. In the case of the low-gain antenna, the elec-

trical predictions were enough in error that significant

retrofits had to be made to the flight antennas in order

to give them the proper radiation pattern. It was only

because of the mechanical simplicity of these retrofits

that very serious schedule slips were not incurred. In the

case of the high-gain antenna, the configuration predic-

tion involved choosing an optimum parabolic contour, an

optimum feed position with respect to that contour, and

an optimum feed size for the optimum contour. The

possibility was always present that tests would prove

the design unacceptable and that the delivery schedule

would abruptly slip as a new design was begun. A com-

bination of good luck and sound engineering judgment

led to a test verification that the original flight antenna

design would meet all of the antenna efficiency and

pattern requirements of the mission. The ll-month de-

livery time was achieved by a process that involved

3-month forecasts of development test results and devel-

opment testing that proceeded smoothly to the predicted

conclusions with very little back-tracking or study of

blind-alley approaches. Had the antenna development

testing turned up any serious technical problems, it
might well have taken an additional 2 months to estab-

lish the proper antenna geometry, and an additional

5 months to deliver the flight antennas.

8. Antenna Procurement

In general, both the high-gain and the low-gain an-

tennas were made up of a main part (the parabolic re-

flector, the waveguide tube), a series of detailed parts

(truss members, end fittings, attachment brackets), and

an electrical feed; all of these various parts were pur-

chased from outside contractors. Inspection and final

assembly of the detailed parts were performed at JPL,

allowing close surveillance of piece-part deliveries and

the application of emergency procurement methods

whenever a slow piece-part delivery threatened to hold

up final assembly of an antenna.

The production of the antenna feeds was performed

by a subcontractor under the guidance of JPL; however,

all other parts were produced for JPL by specialty

machine shops and fabrication shops. The aluminum

honeycomb reflector was sufficiently expensive and com-

plicated that it received considerable special attention

during its manufacture; in fact, several reflector design

changes were made at the suggestion of the fabricator

that resulted in a stronger, lighter, and more reliable
finished structure.

161



JPL TECHNICAL REPORT NO. 32-740

VIII. SPACECRAFT SUBSYSTEMS: COMMAND

A. Functional Description

A functional block diagram of the command subsystem

is shown in Fig. 100. Upon transmission of the appro-

priate command signal from the ground, the command

subsystem aboard the spacecraft executes either of two

types of commands. For a direct command, the subsys-

tem generates a momentary switch closure or closures in

other spacecraft subsystem circuits. For a quantitative

command, the subsystem directs a sequence of binary

digits (bits) representing midcourse maneuver informa-

tion to the spacecraft CC&S subsystem. The command

subsystem is comprised of the command detector, de-

coder, and transformer-rectifier. The command detector

receives the command signal from the spacecraft radio

subsystem. The signal contains the command word

information bits, which biphase-modulate a sinusoidal

subearrier. The subcarrier is added to a synchronizing

signal containing a pseudonoise code. The synchro-

nizing signal provides the phase reference signal used

to phase-demodulate the command word subcarrier. The

detector processes and acquires phase coherence (locks

up) with the command synchronization signal, which

establishes bit synchronization and the phase reference

signal. By multiplying the command word information

subearrier by the phase reference signal and applying

the resulting output to a matched filter, the detector

recovers the command word bits. The matched filter

minimizes the bit error rate as a function of signal-to-

noise ratio.

The command decoder receives the command word

bits, determines the command word transmitted, and

issues the proper output to the spacecraft subsystem or

subsystems using the command word.

The detector also establishes a detector lock signal

that inhibits the decoder connnand word deeoding func-

tion when the signal indicates that the detector is out of

lock with the command signal. The detector and deeoder

provide the spacecraft telemetry subsystem with signals

that are converted into telemetry information concerning

the functional operation of the command subsystem. The

transformer-rectifier unit converts the spacecraft ac volt-

age into the ac and de voltages required by the com-

mand subsystem. A standard description of the Mariner

connnand word format is given in Fig. 101.

COMMAND SIGNAL
FROM SPACECRAFT_
RADIO SUBSYSTEM

COMMAND
DETECTOR

UNIT

SIGNAL PHASING WITHIN THE COMMAND SUBSYSTEM
=

I I
BIT ISYNC, ! I
2fs I ,

ONEBIT

ZERO
BIT

COMMAND WORD BITS .,. I
BIT SYNC "_]COMMAND :

DELAYED SYNC I _ DECODER

DETECTOR LOCK UNIT
SIGNAL

I

_VLDC'l WORD OUTPUTS TO

r SPACECRAFT SUBSYSTEMS
_i/_p QC WORD OUTPUT_I

SPACECRAFTALERT PULSES _" SUBSYSTEM CCSWS
BIT SYNC J

EVENT PULSES "_ SPACECRAFT

_" BIT SYNC jI TELEMETRYSUBSYSTEM
DETECTOR LOCK

SIGNAL

50 v rms
SQUARE WAVE,
2,4 kc

COMMAND
_1 TRANSFORMER

RECTIFIER

UNT

+6vdc

-6 vdc

;-- + 28 v dc

;-- 25 v rms, SQUARE WAVE, 2,4 kc

Fig. 100. Command subsystem functional block diagram
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COMMAND BIT NO.

COMMAND BIT

IDENTIFICATION

COMMAND BIT VALUE

DIRECT COMMAND FORMAT

, 213,151,1718,,oil,
COM- _ _

MAND COMMAND _:- o
)ECODER ADDRESS _ < z
START

I JI 0 VARIABLE
I

I I !
12 13 14 15 16 17 18 19 20J21J22 23 24 25J26

BITS 12-26 HAVE NO SIGN,FICANCE IN DC'S.
IN QC'S THEY FORM PART OF THE CC&S
COMMAND.
REFERTO QUANTITATIVE COMMAND FORMAT

ZERO FOR DC'S; VARIABLE FOR QC'S

COMMAND BIT NO.

CC&S COMMAND BIT NO.

CC&S COMMAND BIT

IDENTIFICATION

PITCH TURNQC
COM-

MAND
BIT

VALUES

ROLL TURN

MOTOR BURN

NOTES:

QUANTITATIVE COMMAND FORMAT

cc sRES__SS

2 .<,,_ _

1 0i0 0 0 1 _J VARIABLE I

I. COMMAND BITS 10 AND 11 ARE ADJUSTED TO ENSURE AGAINST SINGLE BIT ERRORS CAUSING AN INCORRECT COMMAND WORD OUTPUT.

2. COMMAND BITS 9 THROUGH 11 (CC&S COMMAND BITS 1 THROUGH 3) ARE NOT USED QUANTITATIVELY BY CC&S BUT ARE USED TO REMAIN

COMPATIBLE WITH PREVIOUSLY DESIGNED HARDWARE (MARINER VENUS 1962).

3. COMMAND BIT 14 (CC&S COMMAND BIT 6) IS ADJUSTED IN QC'S TO GIVE AN ODD NUMBER OF ONE BITS IN COMMAND BITS 9 THROUGH

26 (CC&S BITS 1 THROUGH 18).

4. COMMAND BIT 26 (CC&S COMMAND BIT 18) MUST BE A ONE TO PRODUCE A CLOCKWISE (POSITIVE) SPACECRAFT ROTATION ABOUT THE

SPECIFIED SPACECRAFT AXIS. A ZERO IN THIS BIT POSITION WILL RESULT IN A COUNTERCLOCKWISE (NEGATIVE) SPACECRAFT ROTATION

ABOUT THE SPECIFIED SPACECRAFT AXIS. POLARITY BIT FOR MOTOR BURN COMMAND IS ALWAYS ONE.

5. COMMAND BITS 15 THROUGH 25 (CC&S COMMAND BITS 7 THROUGH 17) ARE A PSEUDO-BINARY CODE REPRESENTATION OF THE TURN OR

MOTOR BURN DURATION.

Fig. 101. Command word format

The command signal output from the transponder

consists of the following signals linearly added:

1. The command word information subcarrier consists

of a biphase-modulated, sinusoidal signal. The

command word information signal equals V sin

(2_2fst ± 7r/2), which equals ± V cos (2_2fst),

where + _r/2 corresponds to a binary zero and

- 7r/2 corresponds to a binary one. The polarity of

the signal remains constant over each bit time.

2. A synchronizing information signal consists of a

pseudonoise coded sequence modulo two added to

a square wave signal at a frequency of 2 f._.

The two signals are added to form the command signal to

give Ps/Pc = 2, where P_ represents the synchronization-

signal power, and Pc represents the command word

information-subcarrier power. This power ratio mini-

mizes the bit-error probability as a function of signal-

to-noise ratio.

1. Command Detector

A functional diagram of the command detector is

presented in Fig. 102. The detector performs three main

functions:

. Demodulation of the biphase-modulated sinusoidal

subcarrier, which is accomplished by the detector

command word channel

. Establishment of a phase reference signal for use in

demodulating the sinusoidal subcarrier, and estab-

lishment of bit synchronization, which is accom-

plished by the command synchronization channel
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F._ INPUT

EMITTER

FOLLOWER

COMMAND SIGNAL

FROM SPACECRAFT

RADIO SUBSYSTEM

I I COMMANDWORD
BANDPASS I -+ cos (27r 2 fst) PHASE DETECTOR

FILTER _ (AMPLIFIER ANDCHOPPER CIRCUIT)

( I ) (2)

2 f$ /__90 ° SQUARE WAVE REFERENCE_

FROM PHASE LOCKED LOOP J

f$ /90 ° SIGNAL WHEN DETECTOR

IS IN LOCK WITH COMMAND SIGNAL

SYNC INFORMATION I I

i_ SIGNAL DEMODULATOR !.l_

-I (CHOPPER CIRCUIT)I- I

i II

NOTE:

PN PSEUDONOISE

BLOCKS I, 2, 3(I, AND 4 PN
REPRESENT THE COMMAND

WORD CHANNEL

BLOCKS 6_7,9, IO, AND II
REPRESENT THE SYNC CHANNEL

BLOCKS 8, 3b, AND 5 REPRESENT
THE DETECTOR LOCK SIGNAL CIRCUIT

PHASE-LOCKED-LOOP ERROR SIGNAL

L. L 61

-4;

tPN _

MODULO TWO J
ADDER

(ll)

f$ BANDPASS
FILTER AND

LIMITER CIRCUIT

(7)

PN CODED

BINARY SEQUENCE

NULL OF THE ERROR CURVE OCCURS WHEN

PHASE DIFFERENCE BETWEEN THE TWO PN CODES

L = PN CODE LENGTH

c, I
L90 ° SQUARE WAVE

REFERENCE FROM

PHASE LOCKED LOOP

DETECTOR

LOCK SIGNAL

DETECTOR

(CHOPPE_IRCUIT)

CAPACITOR

DUMP AND

DECISION

CIRCUIT

(3o)

COMMAND WORD BIT

COMMAND
WORD

FLIP-FLOP _
(4) v

COMMAND WORD BIT

COMPLEMENT

CAPAC i?_L--IR

DUMP AND I_ DETECTOR OUT OF LOCK

DECISION I"11 I DETECTOR

CIRCUIT II I I LOCK

3b II _ SIGNAL 9

A I -I FLIP-FLOP Q --"
i (5)

BIT SYNC DETECTOR IN LOCK

PHASE LOCKED LOOP CIRCUIT (9)

ERROR SIGNAL---_ 8 f s SQUARE WAVE i--_.

DETECTOR _=i ...... _ CONTROLLED

(CHOPPER CIRCUIT) I i NL'=" I I OSC'LLATORII

(I0) F 2 fs L_ T SQUARE WAVE

FLIP FLOP I
BIT SYNC

SQUARE WAVE
DELAYED B ITSY N C I_f,/9oT=Zsf_U/_AgRO_WAVE

Fig. 102. Command detector functional block diagram

3. Establishment of the detector lock signal, which
indicates whether or not the detector is in lock with

the command signal, and which is accomplished
by the detector lock circuit

a. Detector command word channel. The detector

command word channel selects the command word

information signal (biphase-modulated sinusoidal sub-

carrier) from the command signal with a 2 [8 bandpass
filter (Fig. 102). The filter has a 3-db bandwidth of

40 cps, and an insertion loss of 8 -+- 0.8 db, and intro-

duces less than a 4-deg phase shift. The subcarrier is

phase-coherently-demodulated through multiplication of

the subcarrier by a phase reference signal from the

detector synchronization channel and through filtering
of the multiplied signals by a matched RC filter that

effectively integrates the signal. The charge C_ accumu-

lated on the capacitor (Fig. 102) during integration is

dumped by the dump circuit at bit synchronization time,

and applied to a decision circuit where the polarity of

the charge is determined; a positive charge represents a

recovered binary digit one; a negative charge recovered

represents a binary digit zero. The decision circuit trig-

gers the command word flip-flop to the state represent-

ing the command word binary digit. The recovered
command word bits are directed to the command de-

coder for processing and decoding.

b. Detector synchronization channel. The detector

synchronization channel selects the synchronization

information from the command signal through the multi-

plication of the command signal by PN + [,_ at the

synchronization information signal demodulator, where

PN represents the pseudonoise code binary sequence

generated by the detector pseudonoise generator, and [8

represents a square wave signal from the phase-locked

loop circuit. The synchronization information obtained

at the output of the [8 bandpass filter is cos (2rr [8t)
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whenever the detector has acquired phase coherence

with the command signal. When the detector is not in

lock, the output is random. The cos (2r [J) synchroniza-

tion signal passed through a limiter (Block 7, Fig. 102)

is used to develop an error signal to drive the phase-

locked-loop VCO through multiplication of the signal by

a reference square wave at the phase-locked-loop phase

detector. The error signal is effectively the cross-

correlation of the command synchronization signal

PN -I- 2 f_ with the PN signal of the detector. The

phase-locked-loop circuit is a second order closed-loop

servo system whose VCO is made to track the phase and

frequency of the command signal 2 f_ frequency when

the recovered synchronization signal out of the fs band-

pass filter is cos (2_ f,t). When the synchronizaHon signal

is random (detector not in lock), the 2 fs frequencies of

the detector phase-locked loop and the command signal

are offset slightly to cause a rate of change in the rela-

tive phase difference between the two PN signals. This

eventually results in a zero phase difference (approxi-

mately 6 min), the recovered synchronization signal of
cos (2rf._t), and detector lock-up with the command

signal. The synchronization channel f,, filter has a 3-db
bandwidth of 40 cps, an insertion loss of 8 ± 0.8 db, and

introduces less than a 2-deg phase shift. The synchroniza-

tion channel phase-locked loop has a threshold loop

noise bandwidth of 2 cps and a damping ratio of 0.707.

The synchronization generator pseudonoise generator is

driven at a 2 f_ rate. Bit synchronization pulses emanate

from the pseudonoise generator every complete cycle of

the pseudonoise code sequencer. The time between bit

synchronization pulses (1 sec) is the pulse width of the
command bits.

c. Detector lock signal circuit. The limited synchro-

nization signal from the f, bandpass filter is also multi-

plied by a reference square wave at f, frequency (with

90-deg phase shift) at the detector lock signal detector.

The output of the detector lock signal detector is then
applied to a matched RC filter and a decision circuit in

the command word channel. When the synchronization

signal output of the f., bandpass filter is cos (27r f_t)

(detector in lock), the charge accumulated on the capaci-

tor C_ (Fig. 102) during integration time is negative.

When the charge is dumped at bit synchronization time

and applied to the decision circuit, the decision circuit

measures the negative voltage (associated with the nega-

tive charge) added to a positive threshold bias voltage.

If the algebraic sum of the voltages is negative, the

decision circuit will then trigger the detector lock signal

flip-flop to the state indicating that the detector is in

lock with the command signal. When the algebraic sum

of the voltages is positive, the decision circuit triggers

the detector lock signal flip-flop to the state indicating

that the detector is out of lock. The positive bias is in-
serted into the circuit to ensure that an out-of-lock indi-

cation occurs when the output of the f, filter is random

and the matched filter integrates to zero.

2. Command Decoder

A functional block diagram of the command decoder

is presented in Fig. 103. The decoder provides two main
functions:

1. Command word processing and decoding, which is

accomplished by the decoder logic functions

2. Command word output execution, which is accom-

plished by the decoder isolation switches

a. Decoder inhibit circuit. When the detector lock sig-

nal indicates that the detector is in lock, the decoder

inhibit circuit permits command word processing and

decoding. Should the detector lock signal indicate that
the detector is out of lock at some time before or dur-

ing the processing of the command word, the inhibit

circuit immediately inhibits decoder functioning and

allows no further word processing until the decoder re-
ceives 26 consecutive zero bits from the command detec-

tor after the detector lock signal indicates that the

detector is in lock once again.

b. Decoder Junction. When the command word/

decoder start bits are recognized by the decoder timing

circuit, a flip-flop counter begins a binary counting

sequence to provide timing signals. In the meantime,

the command word bits are being shifted into the de-

coder address storage flip-flops. At the proper binary

count (occurring when the address bits fill the address

storage flip-flops), the timing circuit issues the matrix

interrogation signal that allows the proper NAND gate

in the decoder matrix to open. This particular NAND

gate is set to open a short time before the matrix interro-

gation signal by the outputs of the decoder address flip-

flops containing the command address bits. The NAND

gate is kept open by the matrix interrogation signal for

100 msec. In the case of a DC word, the proper DC word

isolation switch or switches are closed. In case of a QC

word, the QC word output flip-flop stops alert pulses

and allows the 9 through 26 command word bits to be

issued to the spacecraft CC&S subsystem. Bit-

synchronization pulses, coincident with the command

word bits, are issued to the CC&S during the QC word

output readout. All outputs to the CC&S are issued

through isolation switches.
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COMMAND WORD BITS
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Fig. 103. Command decoder functional block diagram

At another particular count of the timing-circuit bi-

nary counter (occurring when the twenty-sixth bit of the

command word has been issued through the first ad-

dress storage flip-flop), the timing circuit resets all de-

coder logic functions to the passive state, rendering them

once again capable of recognizing the command word/

decoder start bits and processing the ensuing command
word.

3. Command Telemetry

Three command signals are directed to the spacecraft

telemetry sut)system to be telemetered to Earth. The

signals time-share the telemetry transmission channel

and are sampled at a rate determined by the telemetry
mode.

Detector bit synchronization pulses are sent to the

telemetry subsyste,n to be conditioned into information

concerning the detector VCO frequency. Between

telemetry-data salnple times, reference pulses at the

spacecraft 2.4-kc frequency are counted in an interval

between two consecutive bit synchronization pulses. The

number counted is indirectly proportional to the pseudo-

noise bit rate and thus the VCO frequency. Therefore,

an average of the VCO frequency (over an approximate
1-see interval) is telemetered each telemetry-data sample

time. The VCO frequency data are required to determine

the proper ground connnand signal frequency that will

minimize command-lock acquisition time.

The detector lock signal is directed to the telemetry

subsystem to he converted into one bit of information
regarding the detector lock condition. If the lock signal
indicates "out of h)ck" for at least 1 sec in the interval

hetween telemetry sampling times, the detector lock

telemetry data will he at the hinary state indicating out

of lock at the next sampling time. If no out-of-lock indi-

cations occur, the hinary state indicating in lock will
resuh. The detector lock data indicate when the com-

mand suhsystem is capahle of detecting and processing

the command signal.

Command event pulses are telemetered approximately
10 sec after the conlmand decoder has recognized the

decoder start bits of a command word. The ew_nt pulse

indicates normal decoding timing fnnction upon recep-

tion of the start hits. It is also normally coincident with

a command address recognition and a DC connnand
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execution by the decoder. In the case of a QC com- 
mand, a second event pulse will be telemetered imme- 
diately after the last QC bit is directed to the CC&S 
subsystem. 

B. Physical Description 

The subsystem components were constructed in welded 
cordwood modules. -4 typical module is shown in 
Fig. 104 prior to encapsulation with epoxy resin. The 
modules are soldered to circuit boards as shown in 
Fig. 105. One circuit board with 16 modules and one 
with 14 modules, as shown in this figure, are glued 
together and bolted in a 6 X 6 X 1.1-in. frame. The 
subsystem consists of se\-en frames of approximately 
2300 solid-state electronic components. The weight of 

Fig. 104. Typical command subsystem welded 
cordwood module 

Fig. 105. Command subsystem assembly 

the subsystem, less the wiring harness and case, is 
apl~roximately 9.5 Ib. The power consunled is less than 
3.50 w. 

C. Design Evolution 

The Mariner Mars 1964 command subsystem design is 
basically that of the Mariner Venus subsystem, except 
for an increase in DC commands from 12 to 29 and the 
niodifications described in the following paragraphs. 

For the Mariner Venus command subsystem, a binary 
one, generated inadvertently and transmitted to the sub- 
system, could begin the command decoder operation. 
This did not necessarily generate an incorrect command 
execution but caused command event pulses to be tele- 
metered, which could be confusing. Moreover, although 
the Jlariner Venus addresses were coded to detect single 
bit errors, a single bit error in the zero bits preceding 
the command word bits could conceivably cause an 
incorrect command output. For the Mariner Mars 1964 
word subsystem, the decoder only begins functioning 
with the reception of bit 110, thus making spurious 
decoder operation more unlikely. The command word 
format (Fig. 101) is also arranged so that no single bit 
error anywhere before or in the command word bits can 
cause an incorrect command word execution. 

The command word information signal has been 
shifted 90 deg with respect to the phase of the pseudo- 
noise clock signal at a 2 f 9  frequency. This was done to 
eliminate an interference of the command word informa- 
tion signal upon the synchronization signal. This inter- 
ference results in a distorted phase-locked loop error 
cun-e and consequently in problems in locking up the 
detector. 

In order to obtain a sharply defined square wave ref- 
erence signal in the detector at 2 f r  190 deg to detect 
the command word information signal, the detector VCO 
frequency was changed from 4 to S f.. This change allows 
Seneration of the phase reference signal with ordinary 
command logic circuits. 

The command packaging is basically that used in 
Jfarincr Venus. However, one “sandwich” is contained 
in a frame as opposed to two per frame in the Mariner 
\‘enus sul~system. The reasons for the change were (1) to 
make both sides of a sandwich easily accessible for 
inspection. and ( 2 )  to reducc handling and disturbance 
of sections of the su1~systt.m not affected by modification 
or repair being accomplished on other sections. How- 
e \w,  the first reason was partially inrdidated when a 
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web had to be placed across the frame to give greater

package rigidity.

Initially, the command modules were to be soldered
cordwood modules as in the Mariner Venus command

subsystem. However, it was determined that solder joints

inside the modules could be raised to the melting point

when soldering the modules to the "mother boards" dur-

ing subsystem assembly. Since the joints inside the

module could not be inspected for correct soldering once

they had been potted, the possible degradation of the

module construction during mother-board assembly was

thought to be a serious problem. To alleviate this situa-

tion, a complete modification of the module manufac-

turing technique was incorporated and the modules were

redesigned for welded cordwood construction. A typical

command welded module is shown in Fig. 104.

All welded module layouts and the required weld

schedules were checked and approved before incorpora-

tion into the module manufacturing program. Similarly,

the actual module manufacturing was closely monitored

and controlled by strict welding specifications. As a

result, very few problems were encountered during
]nodule manufacture.

In addition to the occurrence of an event pulse at

command-decoder/command recognition time, it was
deemed desirable to have an event issued at the end of

a QC command transmission. Thus, two command events

are telemetered for a QC command.

The circuitry required to condition the appropriate

command signals for telemetering the detector 2 f_ fre-

quency to Earth was removed from the command sub-

system and logically placed in the flight telemetry

subsystem.

Initially, sufficient weight was allotted to the com-

mand subsystem to allow for redundant command

detectors, transformer-rectifiers, and decoder program

control units. However, this redundancy had to be aban-

doned from the design because of weight allotment.

All of these modifications to the Mariner Venus design

were made prior to fabrication of the subsystems. The

following two modifications were introduced after de-

livery of the PTM subsystem.

1. Initial procurements of voltage-controlled oscillators

for the Mariner Mars 1964 program had proved

unsatisfactory both in the manufacturing techniques

used and in the resulting electrical performance.

.

As a consequence, the prime subcontractor for the

command subsystem was requested to develop a

VCO that would employ only JPL preferred com-

ponents and that would be packaged in a module

construction meeting high quality control stan-
dards. As the result of an extensive 3-month VCO

design program, a VCO circuit was completed that

incorporated a field effect transistor as the input

buffer stage and a conventional multivibrator as the

oscillator stage. Voltage regulation for transistor

bias was accomplished with Zener diodes. One dc

supply voltage (28 vdc) was required to operate the
VCO. The new VCO modules were manufactured

in time to be incorporated into the type-approval

subsystem and all flight subsystems. The PTM sub-

system was retrofitted at a convenient time in the

PTM spacecraft test program.

A web across the command frame was required to

increase frame rigidity. Since the new frames were

compatible with the old frames, retrofitting the

subsystems was easily accomplished.

D. Procurement and Fabrication

With the exception of a few component types, the

greatest majority of components used in the command

subsystem were JPL preferred parts. All components were

procured, screened, and tested according to procurement

specifications generated for each component type.

A manufacturing flow chart was generated listing the

necessary manufacturing, quality control, and test steps

to be taken in the construction of the flight subsystems.

In addition, PERT charts, which indicated the necessary

goals to be accomplished throughout the program, for

the flight and ground equipment were established. Re-

quired completion dates were also included on the

charts. The significant fabrication problems are de-
scribed below.

It was determined that the soldering of the modules

to the circuit boards could cause enough heat flow into

the modules to melt the solder joints in the modules.

Since the modules were encapsulated and the mod-

ule solder joints were not available for reinspection, this

was thought to be a serious problem. As a solution, it was
decided to construct welded cordwood modules instead

of soldered modules. This meant completely new module

layout designs and weld schedules for the various weld

joints required. The module layouts to be redesigned

were constrained to the same pin layout so that new

circuit board layouts were not required. The contractor
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exhibited an extremely reliable and well controlled

welded module construction technique.

The construction of the three flight subsystems was

accomplished on time and under a well controlled manu-

facturing program. However, during final manufacturer

testing of the MC-2 flight subsystem, a failure of the

decoder logic occurred very briefly during temperature

tests. The failure could not be repeated and therefore

could not be traced and definitely pinpointed. Suspected

modules were replaced and the system was thoroughly

tested over the temperature range. The failure did not
reoccur at the contractor's. However, the same failure

occurred during initial JPL bench testing. Fortunately,

the failure condition remained long enough to trace it to

a definite logic area in the decoder. The logic circuit

boards concerned with the failure were completely dis-

assembled, and all modules directly involved were re-

placed. The newly constructed logic boards were then

placed in the MC-4 subsystem and thoroughly tested.

No further problems were experienced during subse-

quent testing with any subsystem. In the final analysis,
it was decided that contamination of the circuit board

was the cause of the failure, although no fault with the
circuit board was ever detected.

E. Test Experience

Before being shipped to SAF or submitted to life tests,

each command subsystem underwent the following tests:

1. Initial subsystem tests at the manufacturer's prior

to shipment to JPL

2. Initial performance tests prior to vibration test

3. Vibration test

4. Performance test prior to thermal-vacuum test

5. Thermal-vacuum test

6. Final performance test after thermal-vacuum test

The subsystem tests, item (1), included testing perfor-

mance over the temperature range and statistical testing,
which checked command bit errors and the out-of-lock

indication rate as a function of signal-to-noise ratio.

The performance tests prior to vibration and before

and after thermal-vacuum tests, item (2), consisted of a

detailed observation and recording of all the subsystem

logic and analog parameters at maximum, minimum,

and nominal temperatures. The data were recorded on

special test sheets included in the particular environ-

mental specification for that subsystem. The test sheets

were arranged to facilitate comparison of a particular

parameter value over the temperature range before and
after the vibration and thermal-vacuum tests. Parameter

value trends or degradation occurring throughout the

tests were thus recorded and could be easily discerned.

The PTM subsystem successfully experienced an inter-

face compatibility test with interfacing subsystems that
were available. In order to obtain as much statistical data

as possible on the performance of the subsystem as a

function of signal-to-noise ratio, bit error tests on the

subsystems were run between active testing and during

the long thermal-vacuum tests. After all tests for each

subsystem were accomplished, the test data were ana-

lyzed and a decision was made as to whether the sub-

system passed the environmental and performance tests.

Except for one test anomaly, subsystem testing was

highly successful. The problem was encountered in the

environmental lab during thermal-vacuum tests. During
these tests, an occasional incorrect command was de-

tected by the test-console monitoring circuitry. After an

investigation of the situation, it was decided that noise

induced into the cabling was triggering the test-console

circuitry. To prove this conjecture, 10 Mf_ resistors (simi-

lar to the open impedance of the switches) were substi-

tuted for the flight command output switches in the

test. The command OSE still continued to report an

occasional incorrect switch closure. Since this was impos-

sible with resistors in the circuit, it was decided that the
indications must have been due to noise.

Although this proved that noise induced into the

cables could erroneously trigger the test-console cir-

cuitry, it did not prove that the noise was not also closing

the command output switches. Noise induced switch

closures were found to be possible during initial PTM

spacecraft system tests. Spacecraft noise induced into

the command/radio interface lines could cause very fast
command transient switch closures. Because the radio

input circuitry is very sensitive, the radio responded to
the command switch closures. All other command users

required much more of an energy input than could be

developed by the noise switch closure. No other inter-

face problems were experienced. The noise induced into

the radio lines was effectively filtered by placing a capa-

citor across the command output switch.

No further problems or failures were experienced

with any command subsystem in test at JPL or at

Cape Kennedy.
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IX. SPACECRAFTSUBSYSTEMS:POWER

A. System Mechanization

The Mariner Mars 1964 spacecraft power subsystem

performs two major spacecraft functions:

1. It generates standard voltages for distribution to

spacecraft users

2. It controls the turning-on and turning-off of various
loads

To carry out these functions, a system was designed

with a power source of four photovolatic solar panels

containing a combined active area of 70 ft'-', a 1200-w-hr
silver zinc battery to provide power during periods of

non-Sun orientation, dc regulating devices, 2.4-kc in-

verters, 400-cps inverters, battery charging, load switch-

ing, and frequency control devices.

The power subsystem electronics are located in two of

the spacecraft's eight bays. Bay VIII contains the power

regulators, the power switch and logic, and the majority

of the telemetry circuits. Bay I contains the inverters,

the battery charger, the power synchronizer, and the

power distribution assembly, as well as two pyrotechnic

subassemblies that are not part of the power subsystem.

The battery is located on the inboard side of Bay VIII

and directly adjacent to Bay I. The solar panel_ are

attached to the spacecraft bus at the top of Bays I, III,

V and VII. Figure 106 shows the functional block dia-

gram of the power subsystem.

B. Power Source

The main source of spacecraft power is from four

photovoltaic solar panels with a combined active area

of 70 ft'-'. Each panel consists of four electrically isolated
sections containing 1764 p on n silicon solar cells. Elec-

trically, each section is made up of 21 parallel sections
of 84 cells in series. These sections are connected to the

unregulated power bus through blocking diodes that

prevent reverse current flow in the event of a short in

any one section. This ensures that one short in the solar

panel cell matrix would reduce the power capability by,
at most, 1/16.

The solar panels were sized to carry all loads from

postmaneuver to after Mars encounter. This significantly

increased the theoretical probability of performing the

encounter sequence successfully, since it removed the bat-

tery (which is used to supply power whenever the solar

panels are not Sun-oriented) as a series element in the

reliability calculations after the midcourse maneuver.

Due to the fact that launch trajectories allow the space-

craft to spend some time in the Earth's shadow, and be-

cause of Marine_s large solar panel power capability

near Earth, limiting of the panel output voltage was re-

quired immediately after exit from the Earth's shadow.

Solar panel temperatures as low as -80°C were ex-

pected, which could lead to voltages as high as 68 v if no

limiting were provided. Although regulation equipment

could have been designed to handle the high-voltage

peak, it could only have been done by allowing a sub-

stantial decrease in regulator efficiency and a reduction

in component derating factors. To remedy the problem,

the voltage output of each section was limited to 50 v by

a string of six 50-w Zener diodes.

Figure 107 shows the nominal, steady-state tempera-

ture, solar panel power vs voltage plots (minus diodes)

for near Earth, 100 days after launch, and Mars encoun-

ter environments. Also shown is the worst-case power
demand at Mars.

During the early design phase when the exact flight

solar panel output power, the exact power system loads,

and the exact conversion-equipment efficiencies were not

known, the anticipated nominal panel power was re-

duced by a factor of 20.5% to obtain an available-power

number that could be used in the design. This 20.5%
factor was broken down as follows:

1. 5% for operation off of the solar panel maximum

power point

2. 7_ for solar panel design and test tolerances

3. 8.5_ for efficiency and load uncertainties

The substantial power margins shown in Fig. 107 were

primarily due to increased solar-cell efficiency resulting

from better control (less cell degradation) during the

panel fabrication than initially predicted.

C. Energy Storage

During periods of non-Sun orientation, spaeeeraft

power is obtained from a silver zinc 18-cell secondary

battery. The battery had a capacity of 1200 w-hr at

launch, and is capable of withstanding a continuous float

charge. The battery interfaces with the unregulated bus
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Fig. 107. Solar panel nominal curves: power vs voltage

through a blocking diode in such a way that it is discon-
nected from the bus whenever the solar panel voltage

exceeds that of the battery.

Normally, the battery is used to supply power from

7 min before launch until solar panel Sun acquisition.

From Sun acquisition until the mideourse maneuver,

2 to 10 days, the battery is partially recharged using the

flight charger. Following the maneuver, the battery is

fully recharged and the charger turned off, after which

it is a redundant energy source and not normally ex-

pected to be used again. For increased reliability, the

battery capacity was chosen so that both the launch and

maneuver phases could be completed without battery

recharging. Figure 108 shows that for the longest pos-

sible launch and maneuver periods, a total of 682 w-hr

would be removed from the battery. Designed in this

manner, the battery charger was removed as a series

element in the reliability calculations.

D. Power Regulation

The voltage regulating elements of the power subsys-

tem consist of two booster regulators, each capable of

operating at power levels up to 150 w. The regulators

accept power from the unregulated bus at voltages rang-

ing from 25 vdc (the lowest battery voltage) to 50 vdc

(the highest solar panel voltage), and add sufficient volt-
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Fig. 108. Worst-case battery drain vs time

age to bring the outputs up to 52 vdc -4- 154. The main

booster regulator is on throughout the entire flight, sup-

plying power to all spacecraft loads except the com-
munications converter, which accepts unregulated power

directly from the battery or solar panels.

The maneuver booster regulator is used to power a

large part of the attitude control subsystem, and is on

during the launch and midcourse maneuver phases.

(Turn-on of the maneuver booster regulator is normally

controlled by the attitude control subsystem.) The main

reason for using the two regulators is the increased

reliability they provide. If a failure occurs in the main

regulator that allows its output to leave a 47-to 59-v range

for a period of 2 to 3 see, onboard logic will sense a fail-

ure, start the maneuver regulator, and permanently trans-

fer all spacecraft loads to this unit. In order to protect

the power users from a failure that would allow the regu-

lator to go full on (resulting in a 68-v output for 2 to

3 see), overvoltagc protection limits the voltage to 60 vdc.

All spacecraft areas can stand this 1654 overvoltage for
3 see.

Choice of the booster-type regulator, as opposed to

the "down-regulating" switched regulator, was based

primarily on reliability considerations. Even if both

regulators should fail, a diode shunt path exists around

the regulators that will allow the inverters to run di-

rectly from the solar panels. Solar panel output voltage
varies from about 43 v near Earth to 50 v at Mars. Thus,

a failure of both regulators near Mars would mean a dc

output to the invcrters of approximately 48 vdc (two

diode drops exist between the panels and the dc output)
instead of 52 vdc. Tests have shown that even at this

reduced output voltage the mission could be completed.
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E. Direct Current to Alternating Current Inversion

The main power for spacecraft users is a lO0-v peak-

to-peak 2.4-kc square wave obtained from a de to ac

inverter. Users take this power and, by using transformer-

rectifier combinations, obtain the needed de voltages for

their equipment. This method of distributing energy has

proved superior to de distribution on Mariner Mars for
two reasons:

1. User voltage requirements vary greatly especially

with the science instruments, many of which re-

quire over 1 kv. Moving these high voltages around

the spacecraft in cables is difficult.

2. Greater design flexibility is obtained since users

can change voltage requirements late in a program

without affecting the power subsystem or requiring

changes in the spacecraft cabling.

Under normal conditions, the main inverter receives

dc power from the main regulator. An identical inverter

receives de power from the maneuver booster regulator

and supplies 100 v peak-to-peak 2.4-kc voltage to the

attitude control subsystem. Also running from the ma-

neuver regulator is a 28-v-tins, 400-cps, three-phase in-

verter that delivers step square wave power to the gyro

spin motors. Figure 109 shows the three-phase wave-

form. Using this waveform in preference to a sine

wave saved approximately 1 lb in inverter weight and

had no adverse effect on gyro operation. A 400-cps,

single-phase square wave inverter, supplying nominal

outputs of 56 v peak-to-peak to the science scan platform

and 65 v peak-to-peak to the VSS, operates from the

main regulator. This inverter is to be off except at Mars
encounter.

__J
44.4 v PEAK-TO-PEAK

E
/

_INE-TO- NEUTRAL ) 1_

I
66.6 v PEAK-TO-PEAK

!

(LINE-TO-LINE)

Fig. 109. Three-phase 400-cps waveforms

(with resistive loads)

F. Power Frequency Synchronization

The power synchronizer unit provides a synchronizing

signal or a frequency-stable driving voltage for all power
subsystem inverters. A 38.4-kc signal received from the

CC&S is counted down to provide both 2.4-kc single-

phase and 400-cps single-phase and three-phase signals.

In the 2.4-kc and 400-cps single-phase inverters, these

signals are used to frequency-synchronize the units and

obtain 0.01% stability. The 400-eps three-phase inverter

is actually a power amplifier driven from the power syn-

chronizer with an accuracy of 0.01%. If the CC&S fails

to produce the 38.4-kc signal, or if a CC&S failure should

result in a signal frequency of twice 38.4 kc, a 38.4-kc

oscillator (internal to the power synchronizer) starts,

automatically disconnects the CC&S input, and picks up

as the frequency source. While running on its internal

oscillator, the frequency of the power subsystem is con-
trolled to ± 2%. If the internal oscillator or the synchro-

nizer countdown chain should fail, the 2.4-kc and

400-cps single-phase inverters will free-run within 5% of

the desired frequency. All spacecraft systems can oper-

ate satisfactorily at frequencies in this worst case at

± 5% frequency range.

G. Power Distribution

Some spacecraft systems always receive power when-

ever the power subsystem is operating; others are turned

on and off during various parts of the mission by on-

board logic or direct radio command. The actual switch-

ing of these loads is done by the power system in the

power distribution assembly. This unit accepts com-

mands from other spacecraft systems and translates the

commands into relay closures. Since loads are switched

in units (e.g., cruise science experiments and encounter

science experirnents), central control of the switching, as

opposed to individual user switching, proved highly sue-

cessful. Table 27 shows the power subsystem command

flexibility.

In order to prevent random switching of loads, con-

siderable care was taken in the design of the distribution
electronics to make them insensitive to noise and tran-

sients. Also, all inputs into the assembly, which came

from various spacecraft systems, were isolated to prevent
interaction in a failure mode.

H. Battery Charging

After solar panel Sun acquisition, the battery is re-

charged using the flight battery charger. The charger

takes power from the unregulated bus and delivers a

current-limited voltage regulated charge to the battery.
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Table27. Powersubsystemcommandcapability

Control input

1. Encounter

start a

Source

MT-7

2. Encounter

start b

3. Encounter

terminate

All science

battery

charger off e

5. Transmitter

power up,

cruise science

on

6. Cruise science

an

7. Battery

charger on

8. Change to

Data Mode 4

DC-25

MT-8

DC-26

Spacecraft

separation

connector

DC-2

DC-28

Data encoder

Type of signal

Isolated circuit

closure (permanent)

Isolated circuit

closure (pulse _ 100 msec)

Isolated circuit

closure (permanent)

Isolated circuit

closure (pulse _ 100 msec)

Series interruptions

on one isolated

circuit

Isolated circuit

closure (pulse _ 100 msec)

Isolated circuit

closure (pulse _ 100 msec)

Isolated circuit

closure

Required action by power subsystem

Connect planet science to primary 2.4 kc

Connect cruise science to primary 2.4 kc

Turn on 400-cps, single-phase supply

Connect tape machine to primary 2.4 kc

Turn off battery charger

Same as No. 1

Disconnect planetary science 2.4-kc power source

Disconnect redundant cruise science 2.4-kc power source

Turn off 400-cps, single-phase supply

Same as No. 3

Same as No. 3

Same as No. 3

Disconnect main cruise science 2.4-kc power source

Turn off battery charger

Connect cruise science to primary 2.4-kc power source

Provide RF power-up signal by opening normally closed relay contact

(irreversible in flight)

Connect cruise science to primary 2.4-kc power source

Turn on battery charger

Turn off tape electronics

Disconnect cruise science from primary 2.4-kc power source

aRedundant connection.

bBackup for No. 1.

cBackup for No. 3.

After the battery is fully charged, the capability exists

to turn off the charger by direct radio command to pro-

long battery life. If it is necessary to use the battery

again as a result of losing Sun acquisition, a radio com-

mand capability exists for reapplying the charger.

In addition to its battery charging function, the

charger can also be used to remove the solar panel/

battery combination from an unnecessary battery sharing
mode. Such a mode can be entered if a power transient

instantaneously exceeds the maximum power capability

of the solar panels. If this should happen during the lat-

ter part of the mission when the battery charger is turned

off, onboard logic would sense the condition, shift the

charger into a current-limited constant voltage mode of

high capacity, connect the input of the charger to the

battery and the output to the unregulated power bus,

and boost the system out of sharing. When sharing

ceases, the logic would return the unit to its normal off

position. Boosting is inhibited during periods when bat-

tery sharing should normally occur (i.e., launch and mid-

course maneuver). If unnecessary battery sharing occurs
near Earth when the charger is charging the battery in

a normal manner (a very unlikely occurrence due to the

large power capability of the solar panels in this region),

onboard logic would sense the sharing condition, stop

the battery charging operation, and await a ground com-
mand. A direct radio command can then be sent to start
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the boost mode. This implies, obviously, that the func-

tions of battery charging and boosting are mutually

exclusive since they are performed using the same
electronics.

I. Engineering Telemetry

Figure 106 shows the location of 18 of the 22 power

subsystem telemetry points. Not included are the three

solar panel standard cell transducers and the Bay I (all

electronics except the two dc regulators and the battery)

temperature transducers. Table 28 lists all 22 telemetry

points. Measurements were taken at different sample

rates depending on the location in the sampling sequence

and the spacecraft data mode. Table 29 shows the rates

of transmission of the engineering data. With the excep-

tion of the solar panel standard cell transducers, all

measurements are self explanatory.

Table 28. Power subsystem telemetry measurements

Channel Measurement

109 PS&L output voltage

203 Dual booster regulator input current !

204 PS&L current to communication

205 Main booster regulator output current

206 Battery voltage

207 Main 2.4-kc output voltage

216 Battery charge current

221 Maneuver booster regulator output

222 Solar panel 4A1 current

223 Solar panel 4A5 current

224 Solar panel 4A3 current

225 Solar panel 4A7 current

226 Battery drain current

227 Main 2.4-kc output current

401 Bay I temperature

407 Bay VIII temperature

409 Solar panel 4A1 temperature

415 Standard cell current

416 Radiation resistant cell current

417 Standard cell voltage

428 Battery temperature

429 Solar panel 4A5 temperature

Range Deck rate

23 to 53 vdc High

0 to 10 amp Medium

0 to 5 amp Medium

0 to 5 amp Medium

23 to 40 vdc Medium

40 to 60 vdc Medium

0 to 1 amp Medium

0 to 5 amp Medium

0 to 5 amp Medium

0 to 5 amp Medium

0 to 5 amp Medium

0 to 5 amp Medium

0 to 10 amp Medium

0.5 to 2.5 amp Medium

25 to 175°F Low

25 to 175°F Low

--40 to 160°F Low

0 to 100 ma Low

0 to 100 ma Low

0 to 100 mv Low

25 to 150°F Low

--40 to 160°F Low

Table 29. Time between telemetry data

samples

Data Mode I Data Mode 2

Deck rate

High

Medium

Low

331/3 bps 81/_ bps

4.20 16.8

42.0 168

840 3360

331/3 bps 81/s bps

12.6 50.4

126 504

2520 10,080

Selection of the points to be monitored was originally

based on the following criteria:

1. The currents flowing into and out of all functional
elements should be known.

2. The temperatures of all functional elements should
be known.

3. Input and output voltages of all elements should be
measured.

4. Sufficient information should be available to verify,

using power subsystem loading, proper operation of
other spacecraft subsystems.

5. The failure of any one transducer should have a

minimum effect on the knowledge about the sub-

system.

A sufficient number of telemetry channels were not

available to meet all the criteria. In general, since the

subsystem was voltage-regulated, currents were con-

sidered more indicative of proper performance than

voltages. Voltage measurements were limited to the sub-

system input and output and the battery. In many cases,

placement of the current monitors is such that if a

transducer should fail, its monitored parameter can be

inferred from the other operating monitors.

J. Solar Panel Standard Cell Transducers

In order to more accurately determine the current

voltage characteristics of the solar panels in flight, the

outputs of three standard solar cells are telemetered.

The open-circuit voltage and short-circuit current of two

cells, identical to those used in the solar arrays, form the

bases of the predictions. These readings are compared to

Earth-based readings, and the open-circuit voltages and

short-circuit current of the four-panel combination are

determined. These readings, in turn, lead to the deter-

mination of solar panel maximum power capability and

spacecraft power margins. The third cell is a radiation
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insensitive cell; i.e., it is a standard p on n silicon solar

cell that has been degraded by radiation to a point at

which further radiation has little effect on cell output.

By comparing its short-circuit output in flight to the

short-circuit output of the other standard cell, it may be

possible to determine whether radiation is degrading

the solar panels.

K. Detail Design

The process of designing, manufacturing, testing, and

providing quality assurance for the subsystem is repre-

sented by the flow diagram shown in Fig. 110. After the

functional requirements of each power subsystem ele-
ment had been determined, detailed design was begun.

Functional-element reliability (e.g., the process of de-

signing reliable inverters)involves, to a large extent,

parts selection and application. The power conversion

equipment (excluding solar panels and the battery)
contained 913 electrical components, and, in some areas,

failures would obviously have led to termination of the

mission. In order to minimize the possibility of such

failures, parts selection and application were closely

controlled, and, whenever possible, component selection

was made from the JPL Preferred Parts List. In many

cases, JPL high-reliability parts, manufactured to strict

Laboratory specifications from raw material to finished

product, were used. All power subsystem parts were
either high-reliability types or were screened by the

power subsystem manufacturer to JPL screening speci-

fications. Table 30 shows the percentages of high-

reliability, preferred parts, and non-preferred parts (not

included on JPL Preferred Parts List) in the power sub-

system electronics. Included in the 27.9% non-preferred

parts were such things as specially made chokes and

transformers that were not commercially available,

and, hence, were not on the JPL list.

In applying these high-reliability or screened parts in

circuits, the units were severely derated (i.e., power and

voltage) by the designer to meet JPL standards. A list

was compiled for all power subsystem parts showing the
stress rating of the individual units versus the actual stress

level in the circuit. The stress ratio of these two numbers

was a closely watched item.

Prototype units were manufactured after breadboard

testing was completed. This hardware was identical to

the flight gear in mechanical layout and electrical char-

acteristics, and served both to debug the manufacturing

process and to provide a flight-equivalent test set. Again,

this hardware pointed out changes that were required

Table 30. Conversion equipment: component parts status

High-relia-

Unit bility parts

Power regulators

assembly

Power distribution

assembly

Power synchronizer

Battery charger

2.4-kc inverters (2)

i 400-cps, single-phase

inverter

400-cps, three-phase

inverter

Total

92 (26.4%)

90 (52.9%)

88 (40.2%)

24 (27.0%)

8 (20.5%)

2 (9.1%)

1 (3.9%)

305 (33.4%)

Preferred

parts

144 (41.4%)

31 (18.2%)

74 (33.8%)

44 (49.4%)

24 (61.5%)

18 (81.8%)

18 (69.2%)

353 (38.7%)

Non-preferred Totals
parts _

112 (32.2%) 348

49 (28.90/0) 170

57 (26.0%) 219

21 (23.6%) 89

7 (18.0%) 39

2 (9.1%) 22

7 (26.9%) 26

255 (27.9%) 913

Total high reliability and preferred parts is 658 (72.1%)

"Not on JPL Preferred Parts List.

before production of flight hardware. Figure 111 shows

a typical Bay I module. Figure 112 shows the power

regulator assembly located in Bay VIII.

L. Design Evolution

1. Subsystem

In the initial design phases of the Mariner Mars 1964
mission, it was shown that the power subsystem mecha-

nization used on the Mariner II, which encountered

Venus in December of 1962, would be inadequate for

the longer mission to Mars. The calculated reliability

of the Mariner II power system was 0.72 (Ref. 20). This
was based on a mission time of 2600 hr. The calculated

probability of success of this system for the 6000-hr Mars
mission would be 0.46. To get a higher calculated reli-

ability for the Mariner Mars mission, the various func-

tional blocks of the power system were analyzed for

their calculated reliability. The booster regulator (with

its 76 parts) had a calculated failure rate of 0.016 failures

per thousand hours; hence, it was one of the largest

contributors to the system unreliability. Because of its
critical nature, it was made redundant.

Based on the number of parts, the power synchronizer

(with 219 parts) was the most unreliable power subsys-
tem element. All but 12 of its parts could be charged

against the 400-cps three-phase inverter, since the 2.4-kc
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midcourse, which, in a normal mission, should occur 
within 240 hr of launch. 

Another design mechanization that was used solely to 
increase reliability was the fusing of the noncritical 
telemetry circuits. One fuse in the power regulator 
assembly removed the 106 parts associated with teleme- 
try as a source of unreliability. 

By using reliability approaches, such as those dis- 
cussed, together with the criteria for sizing the solar 
panels and battery, it was possible to raise the reliability 
of the Mariner Mars 1964 power subsystem considerably 
over that possible with the Mariner ZZ subsystem. The 
power subsystem reliability, as computed for several 
points along the mission profile, is shown in Table 31. 
Again, the Mariner Zl estimated reliability was 0.72. 
Thus, the estimated probability of success for the 
Mariner Mars power subsystem was about equal to that 
of the hiariner I1 subsystem. It is significant, however, 
that the estimated reliability achieved with the Mariner 
Mars 1964 system was based on a greater parts count 
and almost two-and-a-half times the mission lifetime. 

Table 31. Power subsystem reliability 

Fig. 1 1 1. Power subsystem typical Bay I module 

Event lime, hr 

First maneuver 

Second maneuver 

I 750 I 

Fig. 1 12. Power regulator assembly, Bay Vlll 

inverters had the capability of free-running. Rather than 
use one leg of the three-phase inverters to drive the tape 
recorder at encounter, which would have made the mis- 
sion dependent upon the power synchronizer for the full 
6000 hr, a 400-cps single-phase inverter with a free- 
running capability was used. This made the power sub- 
system dependent on the synchronizer only through 

Encounter 

End playback 

2600 

4500 

6000 

6213 

Between the time the power subsyst 

~ 

Estimated reliability 

0.99 

0.96 

0.95 

0.87 

0.79 

0.72 

0.71 

n mechanization 
was finalized and the flight hardware was delivered, 
several design changes were made. Some of these re- 
sulted from changing spacecraft requirements; others 
were incorporated to increase the performance margins 
and reliability of the power subsystem. 

2. Conversion Equipment 

In the early stages of the spacecraft design,it was 
determined that the 400-cps single-phase inverter loads 
could use square wave power instead of the originally 
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planned sine wave power. This resulted in the removal

of approximately 1 lb in sine wave filters from the

400-cps single-phase inverter, and, also, in increased unit

reliability with no decrease in spacecraft performance.

Also early in the program, it was found that the tape

recorder would have to run during the launch phase.

Since it was not possible to alter the mechanization of
the power subsystem to run the 400-cps, single-phase

inverter at launch without completely redesigning the

power distribution assembly, tests were conducted with

the tape recorder motor running from one phase of the

400-cps, three-phase gyro inverter. These tests were suc-

cessful, and the subsystem was mechanized to have the

tape recorder run from this source during the launch.

Several areas were reviewed and changed as a result

of PTM testing:

1. The booster regulators were modified to: decrease

transient response time, remove a low-frequency

ripple of 100 to 200 mv amplitude, remove a turn-

on voltage overshoot, and increase the regulators'
phase and gain margins.

2. The input inductor in the main 2.4-kc inverter was

removed to decrease the unit's output impedance.

3. Modifications were made to the 400-cps, single-

phase inverter frequency-synchronization circuitry

to provide greater margins at low input voltage.

Also, the inductance-capacitance input filter was
removed from the unit to reduce a transient at

encounter science turn-on.

4. Noise filtering was added to the command input

lines of the power distribution assembly, and cir-

cuit modifications were incorporated to guarantee

that the latching relays in the unit would not

change states at spacecraft power turn-on and
turu-o_

During bench testing of the flight hardware, it was

discovered that the relays used to switch booster regu-
lators in a failure mode and to turn-on the maneuver

regulator were being subjected to high-surge currents at

relay closure. This was due primarily to charging of

large downstream filter capacitors. A resistor diode net-

work was added to precharge these capacitors and a

resistance-capacitance network was placed across the

relay contacts to prevent arcing when the relays opened.
No further relay problems were observed.

Rather late in the PTM testing, several other changes

were incorporated:

1. Three 50-w, 20-v, Zener diodes in series on the out-

put of the main regulator were added. In the event

of a booster regulator failure that would have

allowed the unit to go full on, these diodes would

have limited the output voltage to 60 v until the

switch to the maneuver regulator occurred.

2. As a result of system tests, the capability of turning

off 2.4-kc power to the tape-recorder electronics

was added to the DC-28 "oattery-charger-on"
command.

3. The CC&S failure-sensing logic, located in the

power synchronizer, was made sensitive to twice

the normal 38.4-kc CC&S signal.

4. To improve design margins, the boost-mode output

power of the battery charger was increased by sev-

eral circuit changes.

5. The RF "power-up" and "cruise-science-on" logic
was mechanized so that the events would occur at

maneuver regulator shut-off if they did not take

place at spacecraft/Agena separation.

3. Battery

The Mariner Mars 1964 battery design evolved directly

from the Mariner H battery. The more important differ-

ences were: cell orientation, plate thickness, and the

additional wrap of cellophane.

While cell orientation is not important in the zero

gravity of space, it was important during the many hours

and days of spacecraft testing. Oriented cells proved to

have a cycle life of over 20 cycles when kept upright.

This was reduced to about 5 cycles before failure when

cells were inverted or placed on their side.

Increased plate thickness provides greater specific

capacity (w-hr/lb), but it reduces total plate area and

maximum load current for a given amount of silver. The

additional wrap of cellophane reduced the rate of self-

discharge loss by about 50% and extended cell life

appreciably.

Float-charge capability was provided. This was accom-

plished by using excess ZnO in the negative plate and a

minimum amount of electrolyte. Due to unusual voltage

characteristics of the silver zinc battery while charging,

using a sensing circuit to turn off the battery charger at

the correct time would have been quite complicated.
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With float-charge capability, the complicated circuit was

not needed, and total reliance on battery charger turn-
off was eliminated.

M. Procurement and Fabrication

1. Subsystem Conversion Equipment

a. Procurement. The initial plan for the Mariner Mars

power subsystem was to have the entire subsystem

procurement, including operations support, under one

contract. The concept of contracting the entire system,

rather than specific tasks, was employed in an attempt to

best use the limited JPL personnel resources. It was

intended that one technical representative would provide

the primary go-between with the contractor. The tech-

nical representative, while responsible for the overall

technical conduct of the contract, was not responsible

for the design of the specific components of the power

subsystem. When a solution to a design problem was

required, the JPL cognizant engineer for the subsystem

component in question was called in to provide the solu-

tion. This enabled the JPL cognizant engineers to spend

nearly full time on technical problems rather than having
to deal with the administrative problems associated with

procurement.

The contract for the system-concept type of contract-

ing contained the following tasks for the solar panel sub-
system:

Task I: The contractor would provide two engineers

to be in residence for 7 months at JPL to assist in

solar panel electrical design.

Task II: The contractor would fabricate, assemble and

test the following: 21 batteries; two type-approval

solar panels and 10 flight solar panels (the conlxactor

was furnished panel substrates); and six sets of elec-
trical converters.

Task HI: The contractor would provide two operations

support teams, each consisting of one engineer and
one technician.

The contractor was to obtain assembled batteries on a

directed procurement from a subcontractor previously

selected by JPL; the contractor was only to perform

flight acceptance testing prior to delivery to JPL. The
other equipment in Task II was to be fabricated and

assembled by the contractor using government-furnished

equipment and commercial component parts.

The overall Mariner Mars 1964 program was exe-

cuted on a tight schedule, and stringent time constraints

were imposed on all subsystem procurements. In the

power subsystem, this caused a necessary overlap of
the design, development, fabrication, and test phases

of the solar panels and the electrical converters. This

resulted in many design changes being required as a

result of fabrication difficulties, bench-testing deficien-

cies, and spacecraft incompatibilities.

It became necessary to partially terminate the entire

Task III portion of field support and replace it with a

separate labor-hour contract with the same contractor.

This reduction in an overly large scope of work resulted

in ease of administration and cost accounting.

b. Fabrication. The fabrication of the power subsys-

tem conversion equipment was done at a contractor's

facility. A contractor was chosen who had the facilities

and capability to perform the fabrication and testing to

JPL standards. The equipment was fabricated in a dust-

free, pressurized clean room, access to which was re-

stricted to the necessary minimum of personnel. Everyone

entering the clean room was required to wear a cap and

gown; in addition, those who actually handled the flight

equipment being built wore gloves.

The design of the conversion equipment was the

responsibility of JPL but the fabrication methods were

merely approved by JPL. The manufacturing, planning,

and scheduling was completed and approved before any

fabrication of flight units began. The manufacturing

planners used the JPL drawings to plan the steps of the

fabrication procedure. These step-by-step procedures

were then used by the fabrication personnel, since the

JPL drawings were not available to them. The planning

consisted of first separating the fabrication of a sub-

assembly into some number of discrete subtasks. Each of

these subtasks was then separated into individual steps,

which were itemized in proper sequence on a shop

order. This shop order referenced, where applicable,

parts lists, visual aids, and JPL or contractor process

specifications. The parts lists and visual aids were part

of the planning. The parts lists included all the compo-

nents and materials needed for each specific step on a

particular shop order. The serial number assigned to

individual components in screening was recorded along

with its type, value, size, and circuit symbol. The visual

aids were an elaborate method of graphically illustrating

such things as component location, mounting methods,

wire routing, and termination points.
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In addition to the contractor's manufacturing plan-

ning, JPL had a contractual requirement for a fabrica-

tion flow plan. A fabrication flow plan was generated

for each subassembly by separating the fabrication pro-
cedure into subtasks. These subtasks were the same ones

used as a basis for the shop orders mentioned earlier. As

the shop orders became detailed, the details were in-

cluded on the flow plans. This allowed a check on the

development of the planning, and provided a necessary

cohesiveness to the overall planning effort.

The flow plans included no schedule data. Schedules

were made by using simplified flow plans and relating

time to particular operations in order to determine

the time spans needed for fabrication of the various

units. By this method, the contractor was able to arrive

at the date on which he had to begin fabrication in order

to meet his contractual delivery requirements.

The contractor's QA organization wrote inspection

procedures for each step. These procedures listed the

specific items of work that had just been completed and

how they should be inspected. The JPL drawings were

used by the contractor's QA inspectors on the steps

that required a visual aid. The JPL source inspectors

performed a redundant inspection of some of the con-

tractor inspections where it was felt that a double in-

spection would ensure flight quality units.

The individually fabricated units were electrically

bench-tested as the last step of the manufacturing pro-

cess. The bench testing consisted of a resistance and con-

tinuity test and an electrical bench test prior to the

application of conformal coating, and an identical elec-

trical test subsequent to conformal coating of the unit.

The conformal coating was a thin layer of a polyurethane
base material applied over the circuit boards and other

components that acted as an electrical insulator and a

seal to prevent corrosion and contamination. The test

procedures were written by the contractor but were

based on JPL detail specifications. The contractor's QA
inspectors performed a continuous surveillance on all

bench testing.

A log book was maintained for each unit by the con-

tractor's QA organization. This log book contained the

shop orders, the parts lists, JPL inspection reports, mate-

rial review board actions, all test data, all JPL QA

records for components or materials used, and any

contractor-generated documents or records that applied

to a specific unit. These log books were approved by the

JPL QA engineer for proper content prior to the delivery

of a unit to JPL. Since only six units each of eight types

were built, a more flexible manufacturing planning sys-

tem should have been used, which would have greatly

alleviated many of the problems that were encountered.

c. Testing. All environmental testing on the power

conversion equipment was done on a case level. The

power conversion gear included the power regulator,

Bay VIII (which is one large unit), and Bay I (which

contains the power distribution, power synchronizer,

battery charger, and inverter modules).

Six complete sets of power conversion equipment went

through the flight acceptance tests. For the most part,

FA testing was uneventful, demonstrating only that the

equipment was adequate for that environment. How-

ever, one failure of the power regulator occurred in FA

tests, which led to a design change: at high temperature,

the high leakage in one transistor did not allow the

booster failure circuitry to reset. The addition of a bleed-

off resistor eliminated the problem for all transistors

within specification at all temperatures.

Type-approval testing exposed several conditions that

required design changes. For cases containing only elec-

tronic circuitry (_uch as the two power cases), the most

important tests for type approval were complex-wave

vibration and vacuum temperature. All other tests ap-

peared to be of no difficulty and were passed with ease.

The first TA complex-wave vibration test led to sev-

eral design changes. The heavy motor-driven switch,

used to transfer from external to internal power, was

badly damaged. One mounting flange was broken, the

other flange was cracked. The case for this switch was

magnesium. Fortunately, an investigation into mu-metal

for the case of the switch was already under way to

reduce the switch's excessive magnetic field. The mu-

metal-cased switch was much stronger, and, when in-

stalled in the TA Bay VIII, easily passed vibration tests.

During the same vibration test, the potting fillet

around the base of the booster-regulator power trans-
formers had broken loose. The transformers did not

break loose. Braces were added to eliminate the distor-

tion of the chassis under vibration that caused the broken

fillets. With the braces and a switch to a mu-metal case,

Bay VIII passed the TA complex-wave vibration test.

After 6 days of high temperature during the TA

thermal-vacuum test, a transistor in the battery charger

failed. Subsequent investigation showed that a capacitor
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was discharged through the transistor when the boost

mode circuitry was reset. This, together with the TA

high-temperature environment, led to the failure. Dis-

charging the capacitor in a different fashion alleviated

the problem. After this modification, the circuitry per-

formed to specification during a complete TA test.

It is felt that the experience gained in the type-

approval testing assisted in the elimination of question-

able areas that did not show up in the FA testing.

Flight-acceptance testing demonstrated that the modules

were capable of withstanding the actual flight conditions.

2. Battery

a. Procurement. Procurement was conducted in two

phases: development and production. Battery develop-

ment was obtained on a cost-plus-fixed-fee contract;

requests for programming were sent to ten companies.

Six proposals were received and evaluated. The work

included design of the Mark VI battery, including spe-

cial tooling and a quality control plan. A mockup battery
and four test batteries were delivered on this contract.

Production quantities (21 batteries) were procured by

the power subsystem contractor. Because the type of

battery specified deteriorates with time, flight batteries

and spares were ordered for delivery as close to flight

time as practicable.

b. Testing. Type-approval tests were conducted at JPL.

Three batteries passed the required environmental tests

as well as electrical tests designed to simulate worst-case

operational conditions.

Flight-acceptance tests were conducted by the power

subsystem contractor at his battery laboratory and envi-

ronmental test facility. Two minor problems developed

during the testing program: battery weight, and voltage

stability during vibration. The vendor could not consis-

tently keep weight below the desired maximum 33.3 lb;

weights were as high as 33.5 lb. During environmental

vibration testing, the maximum prescribed voltage varia-

tion was 0.010 v; momentary variations as high as 0.025 v
were obtained on most batteries. It was decided that

these problems did not appreciably affect battery mis-
sion capability. Specifications were relaxed to 33.6-1b

maximum weight and 0.040-v maximum voltage varia-
tion during vibration testing.

All batteries used for spacecraft system tests per-
formed well. Only one failure occurred. On the seventh

discharge of battery No. 1, the voltage of one cell

dropped to zero. No specific cause of failure could be

found. Subsequent system test batteries were limited to

5 cycles to protect the spacecraft from possible battery
failure.

3. Solar Panels

The solar panels are made up of 7056, 1 × 2-cm p on n
boron-diffused silicon solar cells bonded to an aluminum

substrate. There are four separate electrical sections on

every panel, each isolated from the other by a dielectric

coating. The solar cells are electrically interconnected in

each section into a series parallel matrix of 84 cells in a

series, and 21 cells in parallel by kovar bus bars. The

output of each of the 16 electrical sections, or panels, is

then paralleled in the power switch and logic section of

the conversion subsystem. Each electrical section is also

shunt-regulated by a series string of six 50-w, 8.2-v Zener
diodes that are heat-sinked to the relatively heavy spar

assemblies used to support and stiffen the solar cell sub-
strate. Electrical connections from solar cells to the

PS&L subsystem is accomplished through redundant

20-gauge, teflon-wrapped, copper wire and a Bendix

JC00A18-32 connector.

Thermal control and low-energy radiation-damage

protection of the silicon solar cells was obtained through

the use of 6-mil microsheet cover glasses, which had

been coated with an interference-type filter designed to

reflect solar energy below wavelengths of 415 t_. The

weight of a complete solar panel (e.g., cells, _odes, sub-

strate) was approximately 18.7 lb, and the panel area

for mounting the solar cells constituted a surface 71.5 in.

long by 35.5 in. wide. The solar panels were also used to

support the attitude control jets and the solar pressure

vanes; however, neither of these two systems will be

discussed in this section. The substrate of the spacecraft

was lightweight and fragile and the design and tech-

niques of assembling such items as the solar cell ma-

trixes, harnessing, and Zener diodes had to be oriented to

work with this component. The surface skin of the panel

was only 5 mils thick backed by a corrugated stiffener

of approximately 3 mils. An accident as simple as a

pencil dropping from a worker's pocket onto the panel

could have penetrated its surface and seriously damaged

it. Because of this fragility, the design of the complete

solar panel assembly evolved around techniques to mini-

mize handling and proximity to the substrate. A dielec-

tric coating made of an epoxy lacquer was sprayed on
the substrate in a 3-mil coating rather than the bonding

of fiberglass used to insulate the ceils from the substrate

on the Ranger Block III panels.
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A solar cell module configuration was developed to

minimize the soldering and assembly time on the solar
panels. The submodules were fabricated so that all

solar cells were soldered to their bus bars, and a thermal

control filter was bonded to the cell surfaces before as-

sembling to the panels. A system of heavy-gauge circuit

boards was developed to provide interconnecting points

for the cells and the panel wiring, and a teflon-grommeted

feedthrough approach was used to eliminate the require-

ment for supporting insulating stand-offs in the alumi-

num skin of the substrate. This modulization approach

of ceils, substrate, and wiring proved to have some fur-
ther benefits.

Solar cell modules that had been completely soldered

and filtered before being assembled to the panel were

easier to test electrically, to match, and to put into series

strings. Such modules also improved the power-producing

capability of the solar panel. The independence of the

substrate and wiring also permitted greater freedom in

assembly.

The most significant change from the initial prototype

panel to the TA and flight hardware was the develop-

ment of an automatic assembly technique and the

change of bus bar material from copper to kovar.

The prototype panel was fabricated using hand-soldering

techniques. During the fabrication period, an experi-

mental submodule manufacturing program was initiated

to investigate the potential of using tunnel-oven solder-

ing, or inductance soldering to fuse the bus bars to the

solar cells. The results of this program indicated that a

significant increase in power output of the average sub-

module could be obtained over the submodules pro-

duced (to that time) by the hand-soldering technique. It

also appeared that, through the tunnel-oven process,
greater production rates, smaller attrition rates, and

lower fabrication costs could be attained. One apparent

disadvantage of this type of assembly was that it was

not known what the effects of the launch-space environ-

ment would have on submodules assembled by tunnel-
oven soldering. The bus bars are fused to the solar cells

when both are at a temperature of approximately 380"F.

It was also not known what the effect might be of the

resulting thermal stress, which would be built into sub-

modules thus fabricated, because of the very large dif-

ference in thermal expansion characteristics of copper

and the silicon solar cells. A thermal shock program was
initiated to evaluate the characteristics of tunnel-oven

fabricated copper submodules compared to similarly fab-

ricated submodules using bus bars made from kovar.

Kovar is a material with coefficient-of-expansion charac-

teristics similar to silicon, and is used by some solar array

fabricators for bus bar purposes. The test results indi-

cated a definite superiority of the kovar submodules.

The kovar modules could be fabricated to produce the

same electrical output as copper but would survive shock

rates as great as those that could be generated by a

liquid nitrogen/boiling water dip test. The copper sub-

modules would literally snap apart when subjected to

this high shock rate. The relatively light weight of the

solar panel made thermal shock rates in excess of

28" C/min possible, and it was felt important that if kovar

could be qualified for the solar array, a definitely supe-

rior panel with a significant increase in power reliability

could be developed. To evaluate the effects of kovar on

the magnetic characteristics of a solar panel, a full-sized

prototype panel (configuration of the mission panel de-

sign fabricated with submodules), assembled via tunnel-

oven soldering techniques and using kovar bus bars, was

produced. The magnetic characteristics along with the
electrical and mechanical characteristics of the kovar

panels were checked before and after TA environmental

and vibration testing of the panel. The results of the

tests indicated that the magnetic influence of the kovar

at one magnetometer distance from the panels would be
negligible.

The general electrical and mechanical characteristics

of the panel appeared to be good after completion of this

testing program, and production began on kovar config-

uration panels. It was later discovered, after all flight
panels were fabricated, that the data-reduction tech-

nique involved in performing the original magnetic test

was in error, and that there could have been a significant

magnetic field created by the kovar after the panels were

vibration-tested on a table that had a strong external

magnetic field around it. Tests of all flight panels indi-

cated the presence of a magnetic field, and a program

was initiated at JPL to degauss the panels. A program is

continuing to further evaluate the magnetic characteris-

tics of the panels after launch, vibration, and a long term

exposure to the space environment. Preliminary results

indicate that a degaussed panel would not be remag-

netized due to launch and launch-space environment.

A total of ten flight-cell solar panels was manufac-
tured for the mission. The electrical characteristics of

the panel, as a result of the improved materials and tech-

niques used in the fabrication, resulted in the production

of a close uniformity of the performance characteristics of

each panel. No detectable degradation of the panel as a

result of the environmental qualification program was

noted, and approximately 25% greater power-producing

capability than that specified in the original detail speci-

fication of the solar panels was obtained.
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X. SPACECRAFT SUBSYSTEMS: CENTRAL COMPUTER AND SEQUENCER

The CC&S subsystem represents a second generation
evolution of the Mariner Venus 1962 CC&S subsystem.

The initial requirements for this evolution were:

1. Functionally the Mariner Mars 1964 CC&S was to
have been the Mariner Venus 1962 CC&S with less

than 10% modification. One new subassembly

(making a new total of 9) was to provide additional

cruise commands primarily for the star sensor.

2. The Mariner Venus 1962 CC&S drawing package

was to be used with only those modifications neces-

sary to incorporate new requirements.

3. The quality of electronic components was to be

upgraded to include only JPL Hi-Rel components

and components covered by JPL screening speci-
fications.

4. Circuit designs were to be analytically studied for

worst-case margins. Resultant circuit modifications

compatible with the schedule and packaging lay-

outs were to be incorporated.

5. Magnetic circuitry was to be prepackaged and pre-

tested prior to subassembly installation.

6. A major subcontractor, under JPL supervision, was

to accomplish the above requirements.

A. Functional Description

The Mariner Mars 1964 central computer and se-

quencer is responsible for spacecraft time-sequenced

events (excluding the science experiment sequence). In

performing this function, the CC&S must keep track

of spacecraft time after launch, and execute commands

at predetermined times during the mission. Figure 113

is a functional block diagram of the CC&S subsystem.

Briefly, the CC&S:

1. Provides a 38.4-kc synchronization frequency used

as a spacecraft time reference

2. Provides commands, shortly after injection, to ex-

tend solar panels and turn on attitude control

power

3. Provides decoding and duration storage capability

for the three midcourse maneuver parameters:

pitch and roll position, and velocity correction

4. Provides sequenced commands to the attitude con-

trol subsystem for spacecraft positioning, and start

and stop commands to the pyrotechnic control unit

for motor burn during the midcourse maneuver

5. Provides on-pad adiustment capability of the plane-

tary encounter start and stop commands normally
sent to the science subsystem in the vicinity of the

planet

6. Provides commands at predetermined times prior to
and after encounter start to change the Canopus

cone angle, data rate, and transponder operation

modes (master timer sequence)

7. Provides a continuous 66z/3-hr periodic command

to the radio subsystem for backup switching of re-
dundant elements

The 38.4-kc synchronous signal is a square wave ob-

tained by frequency division from the central 307.2-kc
oscillator in the CC&S. This oscillator is crystal-

controlled with a frequency stability of ±0.01% over

the temperature range of -10 to +85°C. The 38.4-kc

signal is used by the power subsystem as a stable fre-

quency synchronization for the spacecraft primary 2.4-kc

ac power.

Further frequency division of the crystal-oscillator-

derived frequency yields frequencies of 25 pps, 20 pps,

i pps, i ppm, one pulse every 31/3 hr, and one pulse every
66z/z hr. The 25-pps signal is used to sample the mag-

netic counter matrix outputs. The 20-pps signal is used

to time the motor burn. The 1-pps signal is used as the

time reference during countdown of the pitch and roll

midcourse maneuver turns. The 1-ppm signal served as

the basic count frequency for the launch events (solar

panel extension at L + 53 min and attitude control

power on at L -t- 57 min). The 1-ppm signal was also

used as the basic count input to the midcourse counter

during the midcourse maneuver to provide pitch, roll,

and velocity-correction start commands at 60, 82, and
104 rain after the start of midcourse. Five 31/3-hr pulses

are counted to obtain the command to enable the passive

control system. The 31/3-hr pulses are also used as

the basic input to the pulse counter associated with the
master timer and encounter commands. The 66z/3-hr

cyclic command is used by the radio subsystem to sense
the Earth lock of the transmitter and receiver.

In addition to the basic 31/z-hr input, the encounter

pulse counter could also be advanced by update pulses
from the CC&S/OSE blockhouse panel prior to launch.
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These update pulses are necessary to adjust the time
after launch at which the encounter start command is

given. With this blockhouse signal, the encounter start

command could be adjusted to occur at any 3½-hr incre-

ment between L + 3½ hr and L + 277 days. The en-

counter stop command is actuated a fixed 13½ hr after
encounter start.

Since all commands are referenced to launch or a

short lime before, the CC&S had to be inhibited until

the proper time was reached in the countdown. The

CC&S is normally inhibited before spacecraft power is
turned on, and is released at L -- 3 rain. The inhibit was

located at the 1-pps point in the counter chain, and,

thus, prevented all frequencies or repetition rates beyond

1 pps from functioning.

In addition to the blockhouse inhibit and update func-
tions described above, there was also a dear command

to enable the CC&S counters to be cleared to zero before

the inhibit was released. The relay hold function, which

was initiated prior to spacecraft power on, commanded

all relays to the reset position and held them there until

it was released. This prevented any command relay from

being actuated erroneously on the launch pad prior to
hunch. If any relay was not in the reset condition, the

relay position indicator (RELAYS) lamp would have

glowed red. In addition to this prehunch protection, a

spacecraft/Agena D separation connector inhibited all

CC&S relay actuators until spacecraft separation.

After the inhibit was released at L- 3 min, the

CC&S began counting and, 2 min later, sent a "clear

release" command to the blockhouse to extinguish the

lamp on the panel. At the time the inhibit was released,
a counter in the blockhouse was started at the rate of

I pps. When the clear indicator extinguished, the count

was stopped and the time read by the counter was

noted. The counter read 000119 + 0, - 1 see, which

provided a cursory check of the CC&S's ability to count
correctly.

All CC&S commands, with the exception of the 38.4-kc

synchronization signal and the event blip output, are

relay contact closures that either apply or remove user

power from the signal lines between the CC&S and the

other spacecraft subsystems. Each command relay, upon

actuation, generates an event blip that is sent to the

telemetry subsystem for subsequent transmission to

Earth. The 38.4-kc synchronization signal and the event

blip output are transformer-coupled to the user.

The CC&S flight sequence is shown in Table 32. The

commands used by the CC&S are L-1 through L-3,

M-1 through M-7, MT-1 through MT-9, and CY-1.

Table 33 gives a detailed explanation of these commands

in terms of the flight sequence shown in Table 32.

Table 32. Mariner Mars 1964 CC&S flight sequence

Command
T'.ne cle_gnation Relay Function

Sequence Reference
No.

1

2

Launch 3

4

$

6

7

8

Midcaurse

9

L -- 3 min

L -- 1 min

L=0

L "t" 53 rain

L -I- 57 rain

L -t- 16_ hr

M -- 90 rain (nominal)

M=0

-M "t- 60min

m

B

L-| (set)

L-2 (set)

L-3 (set)

M-1 (set)

M-2 (set)

M-3 (set)

M-4 (set)

m

Clear relay

PT3-A (set)

ACS-A (set)

AC21-A (set)

AC10-B (set)

AC15-B (set)

AC13-B (set)

AC16-B (set)

TM2-B (set)

Release CC&$ inhibit

Indication of CC&S clock operation

Hftoff

Extend solar panels

Energize attitude control electronics

Energize Canopus sensor and deploy solar vanes

Transmission of quantitative commands

Gyros on

Spacecraft on inertial control

Pitch turn polarity (set if turn is positive)

Pitch turn start

Maneuver timer start
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Sequence

Midcourse

(Cant'd)

Cruise

Encounter

Table 32. (Cant'd)

Reference

No.

10

11

12

13

14

15

16

17

Time

M "1- 60 min (plus duration

of pitch turn)

M + 82 min

Command

designation

M-3 (reset)

M-4 (reset)

M-3 (set)

M-5 (set)

M-3 (reset)

Relay

AC13-B (reset)

AC16-B (reset)

TM2-B (reset)

AC13-B (set)

AC14-B (set)

TM2-B (set)

AC13-B (reset)

M + 82 min (plus duration

of roll turn)

Function

Polarity relay reset

Pitch turn stop

Maneuver timer stop

Roll turn polarity (set if turn is positive)

Roll turn start

Maneuver timer start

Polarity relay reset

M + 104 min

M -t- 104 min (plus duration

of motor burn)

M-5 (reset)

M-6 (pulsed)

M-7 (pulsed)

AC14-B (reset)

TM2-B (reset)

PT18-F (pulsed)

TM2-B (set)

PT19-F (pulsed)

M + 110 mln

Roll turn stop

Maneuver timer stop

Ignite midcourse motor

Maneuver timer start

Shut off midcourse motor

M+ 199 min

E -- 192 days

M-I (reset)

M-2 (reset)

MT-6 (set)

TM2-B (reset)

AC10-B (reset)

AC15-B (reset)

TM36-A (set)

18

19

20

21

22

Maneuver timer stop

Gyros off

Spacecraft off inertial control (reacquire Sun

and Canopus)

CC&S maneuver counter off

Switch to 81,_ bps data rate

E -- 137 days

E- 131 days

E - 103 days

E - 68 days

E -- 30 days

MT-1 (set)

MT-5 (set)

MT-2 (set)

MT-3 (set)

MT-4 (set)

AC31-A (set)

TM35-A (set)

AC32-A (set)

AC33-A (set)

AC34-A (set)

23

Canopus sensor cone angle update No. 1

Switch to hlgh-gain antenna

Canopus sensor cone angle update No. 2

Canopus sensor cone angle update No. 3

Canopus sensor cone angle update No. 4

24

25

E -- 6% hr
MT-7 (set)

MT-8 (set)

MT-9 (set)

SC20-A (set)

PT37-A (set)

SC23-A (set)

TM38-A (set)

All phases 26 Every 66% hr CY-1 (pulsed) TM39-F (pulsed)

Encounter science on (or all science on)

Deploy science platform cover

Encounter science off (or all science off)

Start data playback

Emergency radio switching command
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Table33. DetailedCC&Sflightsequenceexplanation

Reference Function
No.

I

10

11

Release of CC&S inhibit, at L minus 3 min, starts the CC&S

clock counting normally.

Clear relay indication, at L minus 2 min, indicates that the

CC&S clock is counting normally in the launch counter

subassembly.

Liftoff occurs 3 min after release of CC&S inhibit.

The L-1 command, at L plus 53 min, commands the

pyrotechnic subsystem to blow the solar panel squibs and

allow the panels to assume a normal cruise position

(extended).

The L-2 command, at L plus 57 min, energizes the attitude

control electronics and starts the Sun-acquisitlon sequence.

The L-3 command, at L plus 16_ hr, energizes the Canopus

sensor, and starts the Canopus acquisition sequence. This

command also deploys the solar vanes.

The QCI-1, QC1-2, and QCI-3 commands, at M -- 90 min,

are sent to the spacecraft and stored in the CC&S.

These commands describe the duration and polarity of the

pitch and roll turns, and the duration of the motor burn.

The M-1 command is coincident with the maneuver start

command at M ---- 0. The M-1 command turns on the

spacecraft gyros for a 1-hr warmup period prior to

starting the first turn. The command also switches the

data encoder to Data Mode 1.

The M-2, M-3, and M-4 set commands and TM2-B relay set

all occur at M plus 60 rain. The M-2 command inhibits the

Sun and Earth acquisition, puts the spacecraft on inertial

control, and energizes the autopilot. The M-3 command

regulates the polarity of the turn (set if positive, reset if

negative). The M-4 command starts the pitch turn by

energizing the appropriate attitude control pitch gas jet.

The TM2-B relay in the CC&S energizes a shift register

used for timing the turn. The register starts shifting at a

rate of about 21/2 pps when the turn starts, and stops

shifting at the end of the turn. The duration of the turn

is then calculated by observing initial and final states of

the shift register.

The pitch turn is terminated by the resetting of M-3, M-4,

and relay TM2-B (overflow of the pitch shift register).

M-3 resets the polarity relay, M-4 stops the turn, and

relay TM2-B shuts off the maneuver timing register. The

duration of the turn is determined from the QCI-1

quantitative command (Reference No. 7).

The M-3 and M-5 set commands and TM2-B relay set all

occur at M plus 82 min. The M-3 command regulates the

polarity of the turn; M-5 starts the roll turn; and relay

TM2-B starts the timing register.

Reference Function
No.

12

13

14

15

16

17

18

19

20

21

22

23

The roll turn is terminated by the resetting of M-3, M-5,

and relay TM2-B. The duration of the roll turn is

determined from the QC1-2 command.

The M-6 command and TM2-B relay set occur at M plus

104 rain. The M-6 command is in the form of a

momentary relay closure (pulse-type relay), and goes to

the pyrotechnic subsystem. Squibs associated with the

mechanics of motor ignition are energized, and the

midcourse motor is fired. The TM2-B relay starts the

timing register.

The midcourse motor is shut off by the M-7 set command

(pulsed relay) and the resetting of TM2-B relay. A

squib firing assembly is used in mechanizing the motor

shutoff. The duration of the motor burn is determined

from the QC1-3 command.

The M-1 and M-2 reset commands occur at M plus 110 rain.

The M-1 command turns the gyros off, and the M-2

takes the spacecraft off inertial control, turns off the

autopilot, and initiates the Sun- and Canopus-reacquisition

sequences.

At M plus 199 min, the CC&S maneuver counter overflows

and shuts itself off.

The MT-6 command, at E minus 192 days, switches the data

encoder from a bit rate of 331/s to 81_ bps.

The MT-1 command, at E minus 137 days, is the first update

of the Canopus star sensor cone angle. The angle is

changed by 4.6 deg to compensate for the changing

Canopus-probe-Sun angle and the resulting pointing of

the high-gain antenna (the angle changes as the

spacecraft-ta-Earth range increases).

The MT-5 command, at E minus 131 days, switches the

spacecraft transmitter from the omnidirectional antenna

to the hlgh-gain antenna.

The MT-2 command, at E minus 103 days, is the second

4,6-deg Canopus sensor cone angle update.

The MT-3 command, at E minus 68 days, is the third

4.6-deg Canopus sensor cone angle update.

The MT-4 command, at E minus 30 days, is the fourth

4.6-deg Canopus sensor cone angle update.

The MT-7 command, at E minus 6% hr, turns on all science

instruments. (Normally the cruise science would already

be on, so the command would just turn on the encounter

science.) The MT-7 command also blows off the protective

cover placed over the science platform and encounter

experiment optics (using squib firing assemblies), and

turns off the battery charger.
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24 

25 

Table 33. (Cont’d) 

The MT-8 command, at E plus 6% hr, turns off encounter 
science and disconnects the redundant cruise science on 

command. 

The MT-9 commond. a t  E plus 13% hr, starts the tape 

playback of TV pictures, turns cruise science off, and 
switches the data encoder to Doto Mode 4. 

I Reference 
NO. Function 

B. Physical Description 

The CC&S was packaged in eight 6 X 6 X 1-in., and 
one 6 X 2.5 X 13/s-in. subchassis. The total weight of 
the subsystem was approximately 14 Ib. Terminal encap- 
sulation added approximately 0.02 to 0.04 Ib to the 
weight listed for each subassembly. Figure 114 shows an 
assembled CC&S subsystem; both sides of a typical sub- 
assembly are shown in Fig. 115(a) and (b). 

The CC&S subsystem consumed approximately 11 w 
of 2.4-kc power during the prelaunch and boost phases of 
the flight. The power consumption dropped to approxi- 

Fig. 114. Assembled CC&S subsystem 
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1 Reference 
Na Function 

26 The CY-1 command i s  a pulse-type relay closure that i s  
commanded every 66% hr during the flight. The command 

i s  used to automatically switch the radio subsystem from 
one antenna to the other in case of a loss of lock with 
the DSlF stations for two successive CY-1 cyclics. An 

automotic switch to a second transmitter i s  also caused 

by the cyclic in case of a spacecraft transmitter failure. 

mately 5.5 w after spacecraft separation due to the relay 
hold function (provided by the relay hold transformer- 
rectifier unit) being turned off at that time. 

C. Procurement 

Five major companies were requested to submit bids 
on the CC&S effort. The contractor effort on the CC&S 
was briefly: 

1. Design review and reliability study (9 engineer 
man-months) 

2. Design of one new subassembly (drawings and 
breadboard) 

3. Fabrication and verification testing of one flight 
prototype CC&S 

4 .  Fabrication and testing of seven flight CC&S (one 
CC&S to be type-approval tested) 

Issuance of the CC&S contract was delayed until 
January 1963. During this delay, many of the proposal 
restraints were violated and/or macle obsolete. As a 
result, the definitive contract was not signed until 
August 1963. 

As the CC&S contract progressed, changes within the 
change-of-scope clause of the contract were introduced by 
JPL engineering change instruction forms. These change 
instructions directed the contractor to make changes in 
such areas as component values, manufacturing processes, 
and controlling specifications. The difficulties associated 
with the fabrication and test of magnetic submodules led 
to the following additional contract modifications: (1) the 
vendor was to subcontract the fabrication and test of 
magnetic counter submodules to another vendor in 
accordance with JPL-furnished fabrication and test 
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Fig. 11 5. Typical subassembly 

documentation; (2) the magnetic shift register submod- 
ules were to be furnished by JPL, who, in turn. would 
obtain it from another source. The reason for handling 
each of these procurements differently was that the 
documentation for the magnetic counter procurement 
was previously developed under an ad\-anced design 

contract to the vendor, while the magnetic shift register 
procurements required considerable design and develop- 
ment effort. 

After completion of the contractor effort, two major 
program requirements were imposed on the CC&S. One 
required a new CC&S subassembly, the relay hold 
transformer-rectifier, to supply continuous relay latch- 
ing current during the spacecraft boost environment, 
and the other required encapsulation of all terminals and 
coating of all component part leads. These tasks, 
deemed necessary as a result of Ranger flight experi- 
ences, were accomplished at  JPL. 

D. Design and Reliability Effort 

1. JPL Pre-contract Effort 

a. Mission-required changes. The CC&S design effort 
was begun in October 1962, when a duplicate of the 
Mariner I I  CC&S drawing package was reproduced and 
entitled Mariner Mars 1964. These drawings were up- 
dated to meet project-required changes prior to the re- 
lease of the manufacturing contract to STL. The changes 
made were: 

The trajectory required that the launch events occur 
at times other than those specified for Mariner II. 
These times were easily changed by altering the 
diode pattern in the launch matrix. 

Change in the attitude control subsystem demanded 
modification of the manetwer timing matrix. Altera- 
tion of the diode pattern in the maneuver timing 
matrix satisfied the requirements. 

3. The placement of the midcourse motor in one of the 
side bays of the spacecraft required a reiTersal in 
the order of the roll and pitch turns. This was accom- 
plished by renaming the appropriate shift registers 
and interchanging their output connections. 

4. The experience obtained from previous flights indi- 
cated that direct timing of the midcourse motor 
burn period could be used instead of an acceler- 
ometer to determine velocity correction. A 20-pps 
count was derived from the clock chain and used 
in place of the accelerometer input pulses. A 
102-sec maximum midcourse motor burn duration 
was obtained by this method. 

5. The increased flight time (approximately 220 days) 
and the new guidance system, using the Sun and 
Canopus for fixed reference points, required addi- 
tional e\-ents and at times that were not previously 
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available from the CC&S. A new module (master

timer) was tentatively assigned to perform the re-

quired task. The addition of the ninth module was

dropped after it was determined that the events

required could be timed with reference to encoun-

ter instead of to launch. The end counter was also

referenced to encounter and, thus, both counters

were merged. The space required to incorporate

readout capability and a diode matrix into the

end counter was obtained by the removal of

the Mariner II CC&S Earth-acquisition counter,

which was no longer necessary. The additional

event times also required six more relay drivers and
associated relays to provide interfaces with the de-

sired subsystems. The relays and their drivers,
which provided interfaces for the midcourse ma-

neuver, were all shifted into the address register and

maneuver duration output module. This shift,

and the placement of some relays and drivers in

the transformer-rectifier, provided ample circuitry
for the execution of the events.

6. Changes in the interface requirements of the 38.4-kc

power synchronizing signal and the telemetry blip

event indicator signal demanded changes to the cir-

cuits providing these isolated outputs.

7. All components that did not have Hi-Rel or JPL

screening specification were replaced by parts that

did. This modification was straightforward and re-

quired very little circuit change for incorporation.

b. Enhancement changes. Improvements in both sys-
tem performance and reliability were also introduced

into the CC&S prior to letting the fabrication contract.
The changes made were:

.

.

Parity checking circuitry was added in the input
decoder module to perform single (or odd) bit error

detection on maneuver timing information. Odd

parity was used to ensure that information was

being received; if no information (no ones) was re-

ceived, no parity check signal would be generated.

Logic circuitry was added to inhibit the command

for the start of midcourse motor burn if either the

roll or pitch commands were not completed within
the maximum time allotted for the turns. This cir-

cuitry also inhibited a restart of pitch while the

roll turn was in progress. Logic was added to en-

sure that if the roll and pitch relays were both set

at the same time, the attitude control subsystem
would only see the pitch command.

3. The desire to have precise information on maneuver

turns and motor-burn periods prompted the inclu-
sion of the maneuver timer relay. The relay is set

at the start of any turn or motor firing and is

reset upon completion of the event. The relay gates

clock pulses to a counter in the data encoder. The

contents of this counter are read out to give the pre-
cise duration of the event.

4. The maneuver duration magnetics were purchased

under separate contract for inclusion in the maneu-

ver duration subassembly. This magnetic package

was prepotted and tested to 20% voltage margins

at type-approval temperature levels. The basic shift

register core was also changed to a 100-mil (from
an 80-mil) core to provide a better signal-to-noise
ratio.

5. A separate contract was also initiated for the manu-

facture, test, and encapsulation of the magnetic

counters. These prepackaged magnetic counters

were tested to 20% voltage margins at the type-

approval temperature levels. This concept improved

the electrical performance of the counters and con-

siderably simplified subassembly fabrication.

6. The method used for readout of the magnetic

counters was changed. Pulse priming of the read-

out transfluxors was incorporated to increase the

signal-to-noise ratio of the counter outputs. This

method increased the amplitude and pulse width of

the signals used in the launch, maneuver, and end

counter matrixes and, thus, provided greater assur-

ances of satisfactory operation. The pulse priming

method necessitated the incorporation of a bias
driver but also allowed the removal of the 5-v

bias supply. A reduction of overall system power
was also achieved.

7. The count, reset, and sense drivers for the magnetic

counters were also redesigned. The redesigned cir-

cuits provided outputs less sensitive to temperature

and component parameter drift than the previous
drivers.

8. The addition of another ferrite core in the

maneuver-matrix magnetic filters reduced the out-

put noise by a factor of 5 and, thus, favorably in-

creased the signal-to-noise ratio.

9. In an effort to reduce the power drain and the

noise on the 28-v supply, logic was added to inhibit

any further activation of the relay drivers con-

trolling launch events one and two (Table 32) after
the first overflow of the launch counter.
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10. Subassembly circuit boards were cleaned up by

reworking mechanical dimensions and removing

nonessential printed wiring.

Approximately 8% change in component count was
incurred in the modification of the Mariner Venus CC&S

to the basic Mariner Mars 1964 configuration.

2. JPL/STL Effort

A design review study was included in the basic fabri-

cation contract to provide direct engineering support for

the CC&S. This study was divided into three main areas:

(1) a circuit analysis and design support team was estab-

lished to aid in the evaluation and redesign of the cir-

cuitry used in the CC&S; (2) a materials, processes,

and packaging review was performed to improve the me-

chanical assembly and to provide engineering support

for the fabrication facility; (3) a reliability assessment

was made of the CC&S to provide a measure of the

probability of success for the CC&S flight.

a. Circuit analysis and design review. The circuit

analysis and design review was directed toward improv-

ing the operating margins of the CC&S. A complete set

of component parameters and list of specific tasks were

given to the contractor. The areas that were considered

by JPL to be the weakest were listed and their priority

indicated. The ground rules placed on the contractor
were:

1. All circuits should be checked for 20% operating

voltage margin at type-approval temperature levels.

2. JPL-supplied component parameters and derating
factors should be used.

3. A reasonable worst-case circuit design and analysis

should be performed. The worst-case design limita-

tions were that the tracking of power supplies be

maintained in determining load and input require-

ments, and that the tracking of component worst-

case parameters with temperature be followed.

4. Circuit redesign should cause minimum change in

circuit board layout.

5. Only JPL-screened or Hi-Rel components could be

used in any circuit redesign.

6. The existing power supply voltages were to be used

exclusively (no new voltages could be added).

7. Areas outlined by JPL were to be analyzed before

any emphasis was placed on other areas of the
CC&S.

8. All recommended changes must be submitted to

JPL in time to be incorporated into the first proto-
type system. All change orders were to be initiated

by JPL and incorporated at JPL's discretion.

Approximately 15% of the components within the

CC&S were changed as a result of the design review.
The main areas modified were:

1. Flip-flops in the clock chain

2. Crystal oscillator buffer circuit

3. Magnetic filters in the maneuver clock

4. Flip-flop trigger level gates

5. Relay driver input circuitry

6. Sense amplifiers in the maneuver duration sub-

assembly

7. A new power transformer design

b. Materials, processes, and packaging review. The

materials, processes, and packaging review accomplished

the following specific tasks:

1. Investigation of the advisability of replacing

Eccofoam with a conformal coating of Solithane 113

2. Investigation of the properties of Sylgard 182 and
their relation to ferrite cores

3. Exploration of the methods of improving back-side

printed circuit board connections

4. Examination of the layouts and recommendation of

changes to correct discrepancies and deficiencies in

inaccurate tolerances, improper component lead

lengths, unnecessary lead bending, inadequate elec-
trical insulation

5. Review of various bonding techniques and mate-

rials used in the design

6. Review of circuit board layouts and recommenda-

tion of changes that would substantially reduce the

number of back-side printed circuit connections

Changes due to the materials and processes review
included:

1. Solithane 113 conformal coating replacing Eccofoam

2. Some 600 designer hours being added to the con-

tract to modify printed circuit boards to eliminate

back-side printed wiring wherever possible

3. Many results of the encapsulant and soldering

studies being transmitted to the manufacturing areas
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c. Reliability effort. A measure of the reliability of the 
CC&S was the task of the reliability review. This 
probability-of-success figure was to be generated from 
M i n u t e m a n  failure-rate data for the components used 
in the subsystem. Two assessments were to be computed. 
The first would give the probability of survival of the 
entire subsystem for a 220-day mission with midcourse 
correction only necessary during the first 7 days. The 
second assessment would consider a 250-day mission and 
would give the probability of success for each event. 

3. JPL Post-contract Design 

Due to uncertainties in performance of relays in the 
launch vibration and shock environment, a design change 
was authorized for relays to be held in reset position 
during the launch-to-spacecraft separation interval. To 
accomplish this task, it was necessary to design a new 
power subassembly to be incorporated into the CC&S 
(relay hold transformer-rectifier). Since this effort was 
begun in March 1964 with CC&S flight deliveries due in 
April, it was necessary to design, fabricate, and test the 
new subassembly at JPL. This effort required generating 
complete fabrication documentation and the fabrication 
and test of one breadboard, two prototype, and six flight 
subassemblies. The effort was conducted so that testing 
and integration of these new units with the contractor- 
fabricated CC&S did not delay CC&S schedules. 

E.  Fabrication 

Fabrication of the CC&S took place in the contractor’s 
clean-room facilities (Fig. 116), which consisted of a 
sealed-off portion of a building, with the temperature, 
dust, and humidity controlled. White coats, smocks, and 
gloves were required for all personnel. 

Fig. 116. Contractor clean room 

Fabrication techniques used by the contractor com- 
plied with the basic JPL requirements, although the 
Mariner Mars 1964 CC&S packaging was nearly iden- 
tical to that of the Mariner Venus. Hence, certain areas 
such as documentation standards, packaging density, 
and some fabrication requirements, such as harness- 
ing and component lead lengths, could not always 
comply. The major problem areas encountered by the 
contractor were: 

1. 

2. 

3. 

In the circuit board fabrication, problems with pad 
lifting, board warpage, delamination, and terminal 
solderability were never fully solved. Large amounts 
of scrappage and rework were necessary to meet 
JPL standards. 

Due to extreme packaging density and the require- 
ments to fillet all components to the circuit boards 
with Solithane 113, problems associated with com- 
ponent placement caused undesirable amounts of 
rework, and/or led to excessive uses of Solithane in 
many cases. 

Also due to extreme packaging density, subassem- 
bly harnessing often required excessive use of 
Stycast 1095 to bridge harness runs over compo- 
nents and terminals to avoid potential teflon cold- 
flow conditions. 

Magnetic counter submodules were fabricated under 
subcontract to the major contractor and in accordance 
with JPL specifications. Major problem areas encoun- 
tered were: 

1. Evacuation of bubbles from the Sylgard 182 pot- 
ting compound, which encapsulated the magnetic 
cores within their plastic holders, required solution 
of difficult process control problems. 

2. Rotation of terminals mounted in the plastic hold- 
ers, due to handling of external leads, caused the 
size 40 magnetic wire from the cores to break at 
the terminal. Special handling procedures and the 
bonding down of external leads was necessary to 
control this problem. 

Shift register submodules were fabricated by a third 
supplier under JPL contract. The major fabrication prob- 
lem developed from the manner in which ferrite cores 
and diodes were mounted on the circuit board. Adequate 
core-diode separation was not ensured in the early fab- 
rication techniques. After encapsulation of the submod- 
d e s  in Solithane 113, temperature-induced contractions 
within the Solithane forced the core against the diode 
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and resulted in broken cores and eventual electrical fail-

ure. Fabrication techniques were modified to ensure

core--diode separation. As an added safety factor, the

amount of Solithane encapsulant was also reduced to

the minimum necessary.

F. Environmental and Postenvironmental

Subsystem Tests

1. Flight-acceptance Tests

Each flight subsystem was required to pass flight-

acceptance tests that consisted of special vibration and
thermal-vacuum sequences. These environmental tests

were intended to simulate, on a small scale, the actual

environments expected in flight. The vibration sequence

consisted of sinusoidal and white-noise sequences at

various acceleration levels (maximum 9 g). The thermal-

vacuum sequence consisted of environments between

32"F (2 hr) and 131"F (40 hr) at a pressure of 10-" mm

Hg or less. These tests were performed using the

automatic OSE sequence that was used for previous

subsystem tests. After each subsystem passed the flight-

acceptance tests, it was retested under the voltage and

temperature margins previously tested to, in order to
verify that no performance degradation had occurred as
a result of the environmental tests.

Table 34 lists the environmental and post-

environmental test times for each flight subsystem, and

also for the type-approval subsystem for comparison.

Those subsystems that had test times appreciably above

the average are discussed below.

a. MC-O1 subsystem. The MC-01 prototype subsystem

had extra test time associated with each test performed.

This was due primarily to the fact that on this subsystem

the environmental and postenvironmental testing was

performed by personnel unfamiliar with JPL flight-

acceptance test requirements.

The only subsystem problems that occurred during

these tests were a reoccurrence of the velocity register

problem at low voltage/low temperature, and a test-

set problem that was easily rectified. These problems

occurred during the postenvironmental voltage/

temperature margin tests.

b. MC-02 subsystem. The MC-02 subsystem had extra
test time associated with the thermal-vacuum test due

to the following problems: (1) The Agena clamp cir-

cuitry in the OSE malfunctioned so that the clamp func-

tion could not be released, (2) The CC&S subsystem

was adversely affected by other equipment in the area.

Specifically, extra counts were being introduced through

the "master-timer speedup" interface (which was subse-

quently eliminated because of its noise susceptibility),
and midcourse commands occurred at nonstandard

times, presumably also because of noise.

2. Type-approval Tests

In addition to flight-acceptance tests, one flight

equivalent subsystem (MC-TA) was required to pass a

special set of type-approval tests that were designed to

test the subsystem under extreme environmental condi-
tions. These tests were intended to simulate worst-case

flight environments.

Table 35 lists each test and the operation time asso-
ciated with it. Most of the tests were routine and were

accomplished without incident. The acceleration test

required extra test time due to problems encountered

with the slip rings on the acceleration fixture. There

were no CC&S problems during the actual test, however.

Table 34. Environmental and postenvironmental test times

Test times, hr

Subsystem test
Overall FlightMC-01 MC-TA MC.02 MC-03 MC-04 MC-O5 Total

overage overage

Environmental

Vibration

Thermal-vacuum

Postenviranmental

Total environmental

and postenviron-

mental

91

15

76

48

139

55.7

5.5

50.2

22.9

78.6

169.0

5.0

164.0

22.0

191.0

54.3

4.6

49.7

22.3

76.6

59.7

5.0

54.7

21.7

81.4

58.8

9.0

49.8

23.3

82.1

488.1

44.1

444.0

160.2

648.3

81.5

7.4

74.1

26.7

108.2

85.5

5.9

79.6

22.3

107.8
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Table35.MC-TAenvironmentaltests

Test Time, hr

Flight-acceptance

Vibration

Thermal-vacuum

Total

Type-approval

Low frequency vibration

Complex wave vibration

Shock

Bench handling

Acceleration

Explosive atmosphere

Humidity

RF interference

Thermal-vacuum

Magnetic-field mapping

Total

Pastenvlronmental

5.5

50.2

55.7

5.8

6.0

5.6

1.2

27.8

2.3

5.2

15.0

301.7

1.5

372.1

22.9

Total test time 450.7

The CC&S subsystem experienced problems during

the humidity test. The humidity chamber was designed

to introduce moisture into the chamber atmosphere by

way of a steam inlet. The initial temperature of the

steam was much higher than the subsystem, and water

condensed on parts, terminals, and circuit boards. This

water appeared to contain a residue that lowered the

electrical impedance between terminals or leads consid-

erably. As a result of this phenomenon, an event blip
tantalum capacitor in the 5A6 unit was shorted out, and

its event blip was not received during the test. The

capacitor was replaced, but later analysis on the part

showed that it had not failed and that the short, or near

short, was most probably caused by moisture between

one lead and the case. After replacing the capacitor, the

subsystem was returned to the humidity chamber and

the tests were rerun. A malfunction occurred again, this

time in the 5A7 unit. It became obvious, at that point,
that the humidity test could not be performed satisfac-

torily. The subsystem was cleaned and the remainder of

the type-approval tests were performed. It was noted

during cleaning that the condensate in some instances

contained a solid substance. Efforts to identify this sub-

stance were not successful. Terminals and leads were

not fully coated at that time, which could have con-

tributed to the problem. As a result, all flight subassem-

bly terminals and leads were fully coated as a project

requirement. As a final note, other subsystems had simi-

lar problems and the humidity test was waived as a

type approval requirement.

After all the type approval tests were completed, the

MC-TA subsystem was retested under the voltage and

temperature margins previously tested to. Since no de-

crease in margins as a result of the environmental tests

was apparent, the subsystem was released for life test.

3. Special Tests

a. Capacitor leakage test. Each subassembly that con-

tained capacitive-coupled relay drivers had test points
that were located to allow measurement of the leakage

current of the coupling capacitor and of the output tran-

sistor of each relay driver. Since the output transistor

(planar) normally had much lower leakage current than

the capacitor (tantalum), the leakage current measured

was essentially that of the capacitor. A common failure

mode of a tantalum capacitor is excess leakage current,

which can be detected by periodic measurement. Any

suspect capacitor can thus be replaced. This special

capacitor leakage test was performed periodically during

the prelaunch test phase of each CC&S subsystem.

b. 2.4-kc power dropout test. A special test was per-

formed to observe the effect of power (2.4-kc) transients

and momentary dropouts on the CC&S subsystem. Two

levels of power dropout were used: -40% and -100%.

No problems were observed with the CC&S subsystem
with the -40% voltage test. The test was run at 75 and

132°F, and with various time durations. One problem

did occur with the -100% voltage test. Whenever the

transient was commanded after the midcourse start sig-

nal was issued, the shift register power on flip-flops in

the 5A5 unit were observed to change state, which re-

suited in power being applied to all three shift registers

simultaneously. The condition of having two or more

registers on at the same time caused all information

previously stored in those registers to be destroyed. This

problem was prevented during non-midcourse times by

the midcourse clamp function. A simple solution for this

problem was not found, and due to the late date at

which these tests were performed, no corrective action

was taken. It should be noted that power dropouts of

this magnitude were not expected during normal space-

craft operation. If transients of this magnitude had oc-

curred, they would have been detectable, and the
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midcourse maneuver would presumably have been
aborted and restarted.

c. 2.4-kc high-voltage test. A special test was performed

on the engineering prototype (MC-EP) subsystem to

verify CC&S operation with the 2.4-kc input greater
than 50 v rms (nominal). The 16- and 28-vdc sources in

the CC&S are Zener-regulated and, therefore, no problem

was expected with the circuitry that would use these

source voltages. However, the 65-vdc source is not

Zener-regulated and the test was performed primarily to

check the circuitry that would use this voltage. The
2.4-kc input voltage was raised from 50 to 70 v rms

with a corresponding increase of the 65-vdc source to

86 vdc. The CC&S functioned satisfactorily at the in-
creased voltage.

G. CC&S Performance in Spacecraft System Tests

The CC&S subassembly MC-01 was included in the

PTM spacecraft and operated for 1300 hr during

the spacecraft system tests. The following problems

occurred in the CC&S subsystem during these tests:

1. The CC&S master timer picked up spurious counts

2. The CC&S 10-kc inhibit did not hold

3. Fuses blew in the CC&S 5A9 subassembly

4. Spurious reset of output event relays occurred

The master-timer problem of picking up spurious

counts had occurred before delivery of the CC&S for

spacecraft tests. This problem resulted from noise being

integrated and inserted as counts by the master-timer

speedup interface circuitry. Prior to SAF delivery, the
input impedance of this interface was decreased as much

as feasible, which resulted in the elimination of the

problem between CC&S and CC&S OSE. This fix, how-

ever, did not hold in the spacecraft tests because of

longer interface cable runs and a considerably noisier

environment. The interface circuitry was again reviewed
and the interface was modified to achieve additional

noise filtering. This fix was satisfactory for space,_raft

tests at SAF; however, for tests in the space simulator

at JPL, the problem occurred again because of longer
cable runs and a noisier environment than at SAF. Dur-

hag the same series of space simulator tests, CC&S OSE

personnel introduced the idea of using the encounter

update interface to accomplish master-timer speedup.
This update interface is an umbilical function and was

designed to have high noise rejection. The modification

was made and the problem was subsequently eliminated.

The problem of the 10-kc inhibit failing first appeared

in PTM space-simulator tests. No troubleshooting time

was allowed during these tests, so that no opportunity

existed to investigate the problem. The suspected cause

was poor simulator cabling that, it was felt, had not been

adequately checked out prior to spacecraft tests. Nearly

2 months later, the problem recurred in PTM system

tests at SAF. A study of the problem was then made, and

it was determined that ground noise in the system test

complex was causing the problem. The problem was

simulated in the CC&S laboratory, and an OSE modifi-

cation satisfactorily eliminated the problem by introduc-

ing a reverse bias to serve as a noise guard.

The new CC&S 5A9 subassembly was integrated into

the PTM spacecraft just prior to acoustic tests on the

spacecraft. At the conclusion of the acoustic tests, it was

found that the protective fuse in the 5A9 unit had blown.

Since an unauthorized test box, which caused several

problems, was inserted during the acoustic tests, it was

believed that the 5A9 unit outputs had been inadvertently
shorted, which blew the fuse. However, the fuse was

again blown in subsequent space-simulator tests. Due to

schedule restrictions, it was necessary to continue PTM

tests with an opportunity to investigate the problem

delayed until the MC-2 spacecraft was available. At turn-

on of the 5A9 subassembly in the MC-2 spacecraft, the

fuse was blown again. Further studies revealed that

the 2.4-kc maneuver power used by the 5A9 unit had

about 20% overshoot at turn-on. This overshoot satu-

rated the 5A9 transformer primary, which had a 12%

design margin, and blew the fuse. The 5A9 transformers

were replaced and the problem was not repeated.

The spurious reset of relays was first observed in PTM

space simulator tests. Access to the CC&S for trouble

shooting was not possible; this problem was not pursued

on the PTM. The problem next appeared in MC-3 space-

craft tests. Testing revealed that noise between spacecraft

ground and OSE chassis ground was triggering reset cir-

cuitry in the OSE, which was resetting CC&S relays.

Resistance-capacitance filters were added to the OSE

sensitive lines and the problem was not repeated.
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XI. SPACECRAFT SUBSYSTEMS: DATA ENCODER

The function of the data encoder is to accept space-

craft measurement data in the form of analog voltages
and digital information; convert the data into 7-bit

nonreturn-to-zero words in serial form; modulate a sub-

carrier with the binary data; and add synchronization

information, which forms a signal to be presented to the
radio transmitter.

The data encoder operates at two data rates (81/3 and

331/_ bps) and in four data modes. Figure 117 is a func-

tional block diagram of the system.

Two system rates are derived from the 2.4-kc main

power frequency. This basic signal is divided down by

binary dividers to furnish frequencies termed 4 fs and

2 fs, which are the data and synchronization subcarriers,

respectively. Two sets of 4 f_ and 2 [_ are selected to

provide two system rates. The 2 f, frequency is used

to clock the pseudonoise synchronous-code generator,

which generates bit-synchronous and word-synchronous
timing pulses for the data encoder.

Ninety analog and digital engineering data plus ten

subcommutation and frame synchronization channels are

accommodated on the completely solid-state commu-

tator. The switches are arranged in a three-layer sub-

commutator, as illustrated in Fig. 117, to allow four

basic sampling rates. Inputs on decks 100 and 110 are

sampled at 1/20, the basic word rate. Inputs on

decks 200, 210, and 220 are sampled at 1/200, the basic

word rate. Inputs on deck 300 are sampled at 1/2000,

the basic word rate. Inputs on decks 400, 410, 420, and

430 are sampled at 1/4000, the basic word rate.

All high-level analog signals are normalized to a 0- to

3-v range. All low-level analog inputs are normalized

to a 0- to 100-mv range and then amplified by 30. Digi-
tal inputs are handled in the transfer register, the seven-

stage storage register, and clocked to the data selector

by the programmer.

Event inputs, consisting of switch closures, are sensed

and stored in four event registers. The programmer reads

out these registers into the data selector.

The programmer uses complementary flip-flop se-

quencers, synchronized in pairs or groups of three, to

provide circuit redundancy without additional circuitry.

The programmer outputs consist of time-multiplexed

gates that drive the commutator switches, transfer regis-

ter, and other signal-handling circuits.

Analog input signals from the commutator are routed

to a high-impedance, unity-gain isolation amplifier. The

analog signals are then converted to 7-bit digital words

by a successive approximation technique in the analog-

to-digital converter. Four parallel digital data inputs are

processed into serial 7-bit binary words and inserted at

the appropriate time in the data format. The four sources

of data are the analog-to-digital converter, transfer reg-

ister, science data automation subsystem, and video

storage subsystem. The data format is programmed by

the mode controls through the commutator programmer.

These circuits provide gating signals to the data selector

circuit to indicate which data source is to be accepted

into the data train. Appropriate gating in the data se-

lector applies the proper output to the steering inputs of

a 1-bit buffer synchronizer flip-flop, which ensures pre-

cise synchronization of each source of data with the data

encoder bit synchronization.

To increase the inherent reliability of the data en-

coder, a standby analog-to-digital converter and pseudo-

noise generator is used in the system. In the event of a

failure of one of the two circuits, power can be switched

by real-time command to the standby circuit.

In the biphase modulator, the 7-bit nonreturn-to-zero

data are used to biphase-modulate the 4 f_ data sub-

carrier. The synchronization channel of the modulator

combines the pseudonoise code and 2 fs clock in
EXCLUSIVE OR addition. The data channel is mixed

with the synchronizing channel at the proper voltage

ratio. This mixed signal is then routed through output

isolation amplifiers to the spacecraft transmitter and
the OSE.

All digital circuitry in the data encoder was built using

a line of standard NAND logic, which was developed

for use in the Mariner B telecommunications system, and

NOR logic. There are two families of logic: the first, or

low-speed group, has a 45-kc maximum repetition rate;

the second, or high-speed group, has a 2-Mc repetition

rate.

Low-speed group (45 kc). The circuits listed below are

used to implement logic requirements that do not exceed

a 45-kc repetition rate. Their low power requirements
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are more desirable than the 2-Mc logic family, and there-

fore are used whenever possible. The following circuits

are packaged in standard logic modules:

1. 4-input NAND gate and 2-input NAND gate

2. 8-input NAND gate

3. Reset-set flip-flop

4. Universal flip-flop

5. 4-input NOR gate and 2-input NOR gate

6. Noninverting driver

High-speed group (2 Mc). The 2-Mc circuits are used

when speed or loading requirements preclude the use of

the 45-kc circuits. The following circuits are packaged
in standard logic modules:

1. 4-input NAND gate and 2-input NAND gate

2. 8-input NAND gate

3. Reset-set flip-flop (standard)

4. Reset-set flip-flop (universal)

5. Noninverting driver

A. Input System

The input system is the portion of the encoder that

receives, routes, and conditions the input data. This

system includes the commutator, programmer, and signal

conditioning circuits.

The commutator consists of solid-state switches driven

by complementary flip-flop shift registers, which are

called sequencers. These sequencers, together with

the logic circuits, are designated as the commutator

programmer.

The signal conditioning circuits convert nonstandard

inputs to standard levels or formats required by the

basic system. The circuits included in this category are

the low-level amplifier, temperature networks, "bucking"

supplies, event counters, and digital data input gating.

1. Commutator

Figure 117 shows the ten switch decks that comprise

the commutator. Each switch deck has ten positions.

The high-speed frame includes decks 100 and 110, which

are sampled sequentially. Output switches 10 and 11 are

required since the switches in decks 100 and 110 are se-

quenced in parallel.

The medium-speed frame consists of decks 200, 210,
and 220. These decks are channeled into decks 100 and

110 and are stepped once for each complete revolution

of the high-speed frame.

The low-speed frame consists of decks 300, 400, 410,

420, and 430. These decks feed into decks 200 and 210

and are stepped once for each cycle of the medium-

speed frame. Output switches 40 and 42 are on for one

cycle of the low-speed decks. This, in effect, creates two

20-length decks and one 10-length deck in the low-speed
frame.

The data encoder provides for four modes of opera-

tion, each creating a different data format. These for-
mats are:

Data
Mode Operation Format

1 Maneuvers

2 Launch and

cruise

3 Encounter

4 Video

playback

Decks 100 and 110 are

sampled sequentially

Decks 100 and 110 are

sampled sequentially with
a 280-bit science DAS

read-in occurring after
deck 110

Science DAS read-in only

Video storage read-in only

in the presence of the data

present signal from the
recorder

2. Sequencer

The sequencer consists of a ten-stage shift register,

using complementary flip-flops so that only the "on"

stage draws power. The outputs provide a low imped-

ance to ground when the stage is on, which turns the

appropriate commutator switch on and provides a logic

signal for use in the commutator programmer.

3. Commutator Programmer

The commutator switches are programmed with the

logic illustrated in Fig. 118. Word synchronization is

used to clock sequencers 100 and 110. These sequencers

are synchronized by synchronizer 100, an OR gate driv-

ing a monostable flip-flop. If sequencers 100 or 110 lose

synchronization, the first to have a one in the last stage
will provide an output pulse from the synchronizer when

that stage is turned off. This output pulse resets both

sequencers to stage zero. The circuit then functions as
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Fig. 115. Commutator programmer

two synchronized ring counters. High-speed program-

ming continues to operate at a full 20- or 60-word length,

even though one of the sequencers fails, because of the

parallel redundancy.

Flip-flops A, B, and C are connected as a synchronous

counter in a 6-count sequence. Synchronizer 100 output,

or word synchronization, divided by 10, docks the

counter. Since the counter is stepped once every 10

words, a cycle is completed every 60 words. By decoding
the counter, a 60-word format is realized for Data Mode 2

operation. Output switches 10 and 11 are programmed

by the decoding provided by gates G8, G9, and G10.
This provides an alternate conduction of switches 10 and

11, allowing decks 100 and 110 to be sampled sequentially.

Flip-flop S performs the function of gating science

data (DAS) into the encoder during the last 40 words of

the high-speed frame (Data Mode 2). The flip-flop is con-

nected as a shift register element, set by the interrogate

pulse during the eleventh word of the high-speed frame,

and reset by the interrogate pulse during the first word

of the frame. (Interrogate pulse is the timing pulse used

to clock the shift register element.) This one-word delay

is required since the analog-to-digital converter output

lags the commutator by one word. The flip-flop also

blocks the analog-to-digital converter output from the

data selector during the 40-word read-in of DAS data.

In Data Mode 1, the flip-flop is prevented from being

set by collector clamping from the mode relay (Fig. 119).

This permits the high-speed commutator to cycle in a

20-word frame. Data Mode 2 relays allow G6 and G7 to

steer flip-flop S to be set and reset at appropriate times

in the high-speed frame. Data Mode 3 is implemented by

damping flip-flop S in the set state, thereby providing
continuous science data read-in.

The medium-speed programmer consists of sequenc-

ers 200 and 210/220, synchronizer 200, and gate Gll.

The medium deck clock drive is provided by Gll. Tim-

ing provides that the medium deck drive occur at

position 111 in the high-speed frame. This drive is in-

hibited during the science data read-in, since two

medium deck positions would be skipped if the decks

were stepped during the 40-word science read-in. The

sequencers are synchronized in the same manner as

those in the high-speed frame.
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The low-speed sequencers (300, 400/410, and 420/430)

are clocked by synchronizer 200 output, allowing the

low-speed frame to be stepped once per revolution of

the medium-speed frame. Synchronizer 300 dupli-

cates the task of synchronizers 100 and 200 in synchro-

nizing all sequencers. Flip-flop D provides an alternate

drive for switches 40/42 and 41/43 to implement the

20-length decks.

The ground equipment is capable of homing the com-

mutator by blocking normal commutator drive and sub-

stituting a faster drive signal. The homing relay is a

spring-return relay activated by the operational support

equipment.

4. Mode Changing

Mode changing (Fig. 119) is accomplished by using

three latching relays (K1, K2, and K3). Each mode com-

mand activates an isolated pulse switch in the spacecraft.

The relay drivers set or reset the relays upon receipt

of the mode-change command (schedule in Fig. 119).

SPACECRAFT ,4 I

_ I

w w : I

MODE RELAY SCHEDULE
DATA
ENCODER MODE KI K2 K3

I R S R

2 S S R

D ,W S1:::

MODE RELAY

MATRIX

- JVV_-O+ 6 v R

V

DATA -- f jl_,

ISOLATED PULSE
SWITCHES IN
SPACECRAFT OR IN GSE

R

K2 IK3
I

,' o

I 2 3 RETURN 4

V
MODE LINES TO OSE

o_ RELAY POWER

T_- _-

TO DATA

L SELECTOR

Fig. 119. Mode programmer
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The relays control appropriate logic to accomplish the

mode change. Hard-line mode indication to the opera-

tional support equipment is also provided by these relays.

In addition to the commutator analog inputs, there are

several digital signals that must be gated-in at appro-

pilate times during the commutator frame. The pro-

gramming for these signals is accomplished by logic

mustr_ted in Fig. 120.

The appropriate sequencer logic L outputs are in-

verted by the NAND gates before being processed by

the various coincidence gates. All digital input signals

are conditioned to a parallel format. The buffers that

contain this information must receive an interrogate

pulse when the data is to be transferred into the transfer

register. Figure 120 shows gating that creates the inter-
rogate pulses.

The $1 output is used to produce all ones in the ADC

register for commutator frame synchronization in the

data. All other data consisting of all ones are prohibited

by the logic check performed in the ADC. The three-

deck synchronization signals are also sent to the OSE

through separate gates.

5. Analog Signal Conditioning

Low-level and temperature-measurement inputs of

0- to 100-my signals are amplified to 0 to 3 v for input

to the analog-to-digital converter. This is accomplished

with a chopper-stabilized dc amplifier, with a gain of 30.

The ± 1.5-v inputs have to be converted to 0 to 3 v for

input to the ADC. This is done by inserting a 1.5-v

bucking supply in series with the ±1.5-v signals, thus
converting them to 0 to 3 v.

6. Temperature Measurements

Figure 121 illustrates the temperature measurement

mechanization. A 1-ma constant-current generator sup-

plies current to each transducer, one at a time, through

one pole of the double-pole switches in decks 210, 400,

'__._2_

I-6"6L .[_ tOO

lOlL [_ I01

102L ._ 102

104L _ 104

I'T'OL t_ I10

I"_L [_> 115

I"_" L [_ 116

200 L [_ 200

201L [_ 201

2IlL _ 2tl

2-'_ L {_ 220

400L _ 400

IO
115

I0|

201

"I('DENOTES HIGH-SPEED LOGIC

_"2_ HIGH- SPEED

,o__o

/
- 7-1 _ " SPEED --J

SELECT _ECK SYNC'--
TRANSFER

REGISTER

INTERROGATE EVENT

DURATION READOUT

INTERROGATE EVENT
COUNTERS I AND 2

INTERROGATE EVENT

COUNTERS 3 AND 4

INTERROGATE SLOW DECK
POSITION INDICATOR

INTERROGATE COMMAND
DETECTOR MONITOR

Fig. 120. Digital word programmer
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410, 420, and 430. A parallel resistor shunts the trans-

ducer resistance change to a standard 100 f_ change

for all ranges. A series resistor is included to transform

the total network resistance to 500 f_ at the low-

temperature end. The total network resistance at the

high-temperature end is 600 _. With a constant current

of 1 ma applied to the network, the voltage across the

network varies from 0.5 to 0.6 v from low-band to high-

band temperature. This network voltage is then commu-

tated through the other pole of the double-pole switch

and bucked down by a series 0.5-v bucking supply, pre-

senting signals between 0 and 100 mv to the low-level

amplifier. This system presents an advantage over the

bridge method previously used, in that a transducer
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shorted to ground does not upset all of the temperature

measurements.

7. Digital Signal Conditioning

Four event counters are provided to count random

events from the spacecraft. Each counter (Fig. 122) has

an eight-count capacity (three stages). Twelve inputs are

isolated pulse switch, relay, and microswitch 4-msec
closures. These twelve sources are connected to the en-

coder so that a closure grounds the input conditioning

circuit to provide a count pulse to the counter.

The event counters are read out in two pairs of three-

stage counters in successive channels (115 and 116).

Each pair creates 6 bits of data and reads into the trans-

fer register by a selected interrogate pulse. The fourth

bit is a zero, which prevents an all-ones word.

8. Command Detector Monitor

The command detector monitor is illustrated in

Fig. 123. Command bit synchronization and a detector

lock signal are received from the spacecraft command

subsystem. A five-stage counter counts the 2.4-kc space-

craft clock signal for one command-bit-synchronous

interval, and is reset at the interrogate pulse (word 104)

trailing edge. A storage flip-flop is reset by the interro-

gate pulse trailing edge and, if the detector in-lock signal

goes to high-level at any time prior to the following

interrogate pulse, it sets the storage flip-flop. Parallel

data from six stages are gated into the transfer register.

9. Event Timer

The event timer measures time during the opening of a

switch from the CC&S (Fig. 124). Word-synchronization

divided by two is used as a reference frequency that is

gated into a seven-stage binary counter for the gate
duration. This count is stored for commutator readout,

which is accomplished by dumping the data in parallel

into the transfer register.

An all-ones word is prohibited by steering the sec-

ond counter stage to reset on the succeeding word-

synchronization (divided by two) pulse if the most

significant digits are ones. This eliminates all zeros,

which results in a 126-count capacity.

WORD SYNC

ICC
O CCaS EVENT TIMER INPUT

 LUF . __'_S 0 IN T _"-N""°" ..... .-sO----R U F-F F-F F--F F-F I F-F

TR-7

INTERROGATE
EVENT TIMER

17
TR-6 TR-5 TR-4 TR-5

TR-2

Fig. 124. Event timer

R-S

F-F

TR-I
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10. Low-speed Deck Position Indicator

The low-speed deck position is read in as a data word

on each medium-speed commutator cycle. This low-

speed deck position information is generated in a four-

stage counter. The counter and low-speed decks are kept

in synchronization by a set pulse from the output of

synchronizer 300. The counter toggle input is low-speed

drive. Flip-flop D in the low-speed programmer provides
which of alternate decks 400/420 and 410/430 is in use.

Deck position is read out by a selected interrogate pulse

on word 201, dumping the 5-bit code into the transfer

register. A sixth data bit (in the word) contains a digital

indication of which pseudonoise generator-ADC com-
bination is in use.

B. Basic System

The basic system is the portion of the encoder that

receives conditioned time-multiplexed analog data from

the input system. The system also generates the serial

data train, synchronization code, the two subcarriers,

and all clock frequencies for the encoder. The major

elements of this system are the rate selector, pseudo-

noise generator, analog-to-digital converter, biphase

modulator-mixer, and the power supply.

1. Rate Selector

The data encoder synchronization circuits frequency is

derived from the 2.4-kc square wave primary power.

Noise and switching transients suppression on the 2.4-kc

signal, which would cause synchronization circuits mal-

function, is accomplished with an overdriven transistor

limiter circuit. A four-stage binary divider supplies the

proper 4 f, signal for the two required data rates (33½

and 8½ bps).

2. Pseudonoise Generator

The pseudonoise generator (Fig. 125) is comprised of

standard high-speed digital circuit modules. The pseudo-

m
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noise generator provides system timing pulses and a
63-bit pseudonoise code.

Three synchronization outputs are provided by the

pseudonoise generator: data-word synchronization, bit

synchronization, and an interrogate pulse. A data-

word synchronization pulse occurs at the beginning of

the 63-bit pseudonoise code; thus, a word length is
63 bits of the pseudonoise code. A bit-synchronization

pulse also occurs at the beginning of the pseudonoise
code and every 9 bits of the code thereafter. Therefore,

seven bit-synchronization pulses are generated for every

data-word synchronization pulse.

An interrogate pulse is generated concurrently with

the sixtieth bit of the pseudonoise code, which is just

prior to the first bit-synchronization pulse of the follow-

ing data word. This pulse begins the digitizing cycle of

the ADC or interrogates parallel read-in gates for the

transfer of digital data to the transfer register.

The pseudonoise code is generated by a six-stage shift

register with logic feedback so that the opposing states
of the register ends are sensed. Opposite-end states cause
the first stage to be set, while a like-end state causes the

first stage to be reset. The NAND gates G1, G2, and G3

perform this logic operation so that flip-flop A is
steered as

IN = AF + AF

m

IN = AF + AF

When power is first applied to the pseudonoise gener-

ator and all the flip-flops are reset, a lookup of the regis-
ter will occur. To prevent that condition, WORD is

ANDed with A and F at NAND gate G3. Thus, in the

event of all zeros in the register, the C3 output steers

IN of flip-flop A low, and the next dock pulse will set

flip-flop A, eliminating the possibility of lockup.

The logi_'e_equa_fio_n BIT SYNC = A B C D E

+ ABCDE + ABCDE + A B C D E is imple-

mented by NAND gates G5, G6, G7, and C8, which

provide inverted system bit synchronization. Gate G9

implements the equation W_ _ = A 13C D E F

to provide system word s)rnchronization. Gate G10 imple-

ments the equation INTERROGATE = A B C D E F, to

provide interrogate pulses for system operation. The

pseudonoise code is obtained at the Q side of flip-flop F.

3. Analog-to-digital Converter

The ADC is of the successive-approximation type as
shown in Fig. 126. The ADC is comprised of five basic

circuits: the digitizing pulse generator, the decoder, the

comparator isolation amplifier, the low-pass filter, and

the comparator. The 50-cycle cutoff low-pass filter is

used ahead of the comparator to prevent spurious signals

that would cause false indications during the ADC digi-
tizing period.

A high-input-impedance unity-gain amplifier is com-

pared with precision binary-weighted trial voltages.
These trial voltages are generated in the decoder ladder

network, which is supplied from a precision reference

supply. The output of the comparator is a positive signal

step voltage whenever the amplitude of the trial voltage

exceeds the amplitude of the analog voltage to be digi-

tized. The decoder ladder network output voltage is con-
trolled by a series of seven switches that are, in turn,

driven by the ADC register flip-flops A through G. The

ADC register is sequenced by the digitizing pulse

generator at a rate of 6.7/_sec/bit or 47 #sec/word.

4. Transfer Register and Data Selector

The transfer register and data selector are illustrated

in Fig. 127.

The transfer register is used to convert parallel digital

data from the event counters, event-timer, command

detector monitor, and the low-speed deck position indi-
cator into nonreturn-to-zero data. The data sources are

sampled by an interrogate pulse at a specified time in

the data format. Negative pulses at transfer register

inputs TR-1 through TR-7 set the appropriate flip-flops
in the register.

The data selector gates transfer data into the output

data train, when the commutator is in the proper se-

quence position for transfer register readout. The com-

mutator position gate steers a control flip-flop, which is

set with an interrogate pulse and reset on the following

interrogate pulse. "When the flip-flop is set, the transfer

register data is gated into the output data train, blocking

the ADC data gate in the data selector.

When the data selector is at Data Mode 1, the science

and video storage data gates are continuously blocked.

With the selector at Data Mode 2, the science gate is

high during the science readout. This allows the science

data to pass through the data selector while the inverted
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science gate blocks the ADC and transfer register data

gates. When in Data Mode 3, the science gate is continu-

ously passing science data, exclusively.

Video recorder data, continuously blocked in Data
Modes 1, 2, and 3, are enabled in Data Mode 4. This is

accomplished by the video gate being held high, passing

video recorder data and blocking all other data.

Science and video recorder readout conditions include

the supplying of bit synchronization to the respective

system and of a gate signal to the subsystem furnishing
data.

5. Biphase Modulator-Mixer

A biphase modulator-mixer logic diagram is shown in

Fig. 128.

The biphase modulators implement the Modulo 2

logic addition of 4 f.,, and data, and the 2 fs, and pseudo-
noise. Data from the data selector circuit steer the

inputs of a 1-bit buffer synchronizer flip-flop to ensure

precise synchronization of each source of data to the

data encoder, with the data encoder bit and word

synchronizations.

The mixer combines the data and synchronizing chan-

nels in a 1.79:1 voltage ratio. The combination of the two
channels results in a mixed signal with four possible

voltage levels: 3.000, 1.925, 1.075, and 0 v, as outlined

by the following logic equations

v_ = 3.000 v = 4 [., O data" 2 f8 O PN

v,, = 1.925 v = 4 fs (D data" 2 f8 (_) £N

Vx = 1.075 v = 4 f., 0 data" 2 f, 0 PN

v0 = 0 = 4 f,, (_) data" 2 fs G PN

A combination of three inverted transistors and a

resistive voltage divider provide the four voltage levels.
In the inverted connection, the transistors exhibit very

low offset voltages from collector to emitter. Therefore,

the output voltage-level drift of the mixer is held to less

than 4-1.0%, peak to peak.
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Fig. 128. Biphase modulator-mixer

To prevent loading the mixer voltage divider network,

the mixer output is isolated by an emitter-follower cir-

cuit. The mixer output is coupled to three output isola-

tion amplifiers. The output amplifier, which routes the

mixed signal to the transmitter, is dc-coupled from

the mixer to provide the desired output signal voltage

deviation of 0 to 2.52 v. The amplifier is a complemen-

tary emitter-follower configuration to eliminate voltage

level offset. Total voltage variation on the output-mixed

signal will be less than -+-2.5% of peak-to-peak value.

The second amplifier, which routes the mixed signal

to the operational support equipment, is a similar com-

plementary emitter-follower. The third amplifier is an

ac-coupled, cascaded emitter-follower, transformer out-

put circuit for driving the Agena D telemetry transmitter

during the launch ascent phase.

6. Power Supply

The primary power provided is a 2.4 kc, lO0-v peak-

to-peak square wave. The data encoder power supply

transforms this ac signal to the following dc voltages
and currents:

+20 vdc, regulated ±0.5%, 50-ma load

-20 vdc, regulated _+0.5%, 30-ma load

+6 vdc, unregulated _0.5%, 500-ma load

-6 vdc, unregulated ±59,30-ma load

+3 vdc, regulated +0.1%, 12-ma load

+ 1.5 vdc, Zener-stabilized, negligible load, isolated

C. Physical Description

Physically, the data encoder occupies approximately
two-thirds of a standard electronics case as shown in

Fig. 129. The command subsystem occupies the remain-

der of the case. The weight of the data encoder, less

wiring harness and case, is 22.5 lb.
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Fig. 129. Mariner Mars 1964 data encoaer 

D. Design Evolution 

The Mariner Mars 1964 data encoder was e latest 
in a series of designs that began with the Mariner A 
program. All of these designs were basically of the 
same type; i.e., time-multiplexed, pulse-code modulation 
telemetry systems. The Mariner Mars 1964 data encoder 
used refinements of techniques and processes used in the 
previous programs. The majority of the design was 
based on the Mariner B data encoder. 

The design phase of the system included a reliability 
study of the various techniques considered, so the reli- 
ability improvements of one concept over another could 
be seen more readily. A reliability estimate was then 
made on the final design, based on known parts failure 
rates. 

A worst-case analysis was performed on all circuits in 
the data encoder. The analysis consisted of ensuring 
proper circuit performance over all combinations of volt- 
age and component parameter variations (under both 
steady-state dc operation and sinusoidal ac operation, 
where appropriate). Also, as a part of the reliability pro- 
gram, a stress analysis was made of all circuits in the 
data encoder, which verified that all components were 
operated well below their maximum voltage and current 
ratings. 

As a result of the worst-case analysis and system 
design reviews, some redesign was carried out before 
the design was frozen in May 1963. 

E. Procurement 

The data encoders and associated ground equipment 
were procured through a contractor who had had previous 
experience with similar equipment. 

f. fabrication 

The data encoders were fabricated by conventional, 
reliable techniques. Digital circuits were assembled into 
encapsulated, soldered cordwood modules. These mod- 
ules, along with discrete components for all analog cir- 
cuits, were soldered to printed circuit interconnection 
boards. The interconnection boards were then bonded 
into the standard subchassis (Fig. 130). 

Fig. 130. Data encoder subchassis 

All fabrication was accomplished in contractor clean- 
room facilities, according to the applicable JPL specifi- 
cations. Quality control inspection was made at various 
steps in the manufacturing process by both the contrac- 
tor and JPL resident inspectors. 

Electronics parts were selected from the JPL Pre- 
ferred Parts List wherever possible; however, other parts 
had to be used in applications in which the Preferred 
Parts List did not contain the component with the de- 
sired characteristics. When available, parts were pur- 
chased under a JPL procurement specification by which 
the vendor performed the screening. These parts were 
screened as to proper operating characteristics by the 
contractor. 
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The majority of parts were purchased unscreened from

the vendor, because of unavailability of procurement

specifications. In the case of parts not having a screen-
ing specification, one was written by the contractor and

approved by JPL. All parts used in the data encoder

were screened per an approved specification.

G. Test Experience

The flight model data encoders passed the flight-

acceptance tests. Only one problem was encountered

during these tests: a loss of commutator synchronization

during vibration. Failure analysis revealed a transistor
in a clock driver circuit that had an extra lead attached

to the base post in the transistor case; this lead, under

vibration, was shorting to the case, producing a base-to-

collector short. The module was replaced and the test

was successfully completed.

The TA model experienced considerable difficulty pass-

ing the type-approval tests. The first problem was an

oscillation that developed in the constant current supply

under vibration and low temperatures. This was cured

by adding capacitors between the power lines and the
ground. The next problem occurred when an uncased

capacitor in a bucking supply developed a partial short

during the humidity test. The capacitor was replaced.

During the second complex vibration test, it was noted

that the low-level channels exhibited a slight offset. This

effect was traced to a pair of ceramic capacitors in the

low-level amplifier, which, when vibrated, produced a

small voltage due to the piezoelectric effect of the ce-

ramic. This voltage was then amplified by the low-level

amplifier, producing the offset. This was not a failure,

but was recognized as characteristic of the unit.

Type-approval testing of the unit was terminated after

the unit had successfully passed all environmental tests

but the humidity test. During the humidity tests, it was

observed that water was condensing throughout the data

encoder, forming high-resistance paths across compo-

nents as they were covered with water. It was decided
that, because such an environment would never be en-

countered by the unit, the humidity test would be waived.

H. System Performance

Up to the midcourse maneuver, the Mariner IV data

encoder performed flawlessly with one exception: the

"deck skip" problem, discussed previously, did occur

several times (three hours after launch, and again occa-
sionally until December 7, 1964). The L + 3 hr occur-

rence has not been definitely explained, although all

deck skips subsequent to that time have been correlated

with high-voltage arcing in the Solar Plasma Probe.
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XII. SPACECRAFT SUBSYSTEMS: ATTITUDE CONTROL

A. Purpose and Description

The functions of the attitude control subsystem are

related to the several modes of operation of this sub-

system. During the acquisition and cruise mode of oper-

ation, the function of the subsystem is to establish and

maintain three-axis stable orientation of the spacecraft

so that the sensitive surface of the solar panels faces the

Sun, and the Canopus sensor views the star Canopus.

With this orientation established, the fixed-position com-

munications high-gain antenna should point toward the

Earth during the latter portion of the flight.

During the midcourse maneuver mode, the attitude

control subsystem has to orient the spacecraft so that the

thrust vector of the onboard rocket motor is aligned to

some predetermined direction in space. It has to main-

tain this orientation during the motor burn period and
then re-establish the cruise orientation.

The spacecraft body axis system is shown in Fig. 131.

Positive pitch, yaw, and roll turns are defined.

+YAW (CLOCKWISE) i / _ _ +PITCH (CLOCKWISE)

• P--LOW-GAIN + X

ANTENNA

SOLAR

/ \ X-MIDCOURSE- _/
/ / SOLAR MOTOR _

VANE EX.AOST
_+ ROLL (CLOCKWISE)

+Z

Fig. 131. Spacecraft coordinate system

1. Acquisition and Cruise Functions

After the spacecraft was injected into its heliocentric

trajectory, it established the three-axis cruise orientation.

This process began when attitude control dc power was

switched on. Angular position errors about the pitch and
yaw axes were sensed by Sun sensors. Rotation rates

about all three axes were sensed by three single-degree-

of-freedom gyroscopes. Both rate and position were used

as inputs to switching amplifiers, which switched power

to gas jet actuators when the sum of the inputs exceeded

a certain deadband value. These actuators operated gas

jets that released nitrogen, and caused torques on the

spacecraft so that the pitch and yaw rate and position

errors were reduced to limit cycle values. The roll rate

was fixed at a constant spin level that was used to cali-

brate the science magnetometer at that time.

Roll acquisition began with CC&S command L-3 at
L -t- 997 min. The roll rate was reduced to a search

level and power was applied to the Canopus sensor. Roll

angular-position error would be sensed when a body

with a brightness of from 1/4 to 8 times Canopus entered

the field of view of the Canopus sensor. Once this illu-

mination was sensed, the roll rate and roll position error

were reduced to limit cycle values, and the three-axis

cruise orientation was established. The gyros were

turned off at that time and rate damping was provided

by the derived rate signal fed back around the switching

amplifier. The solar vanes, which had been turned on by

command L-3, were then able to reduce the unbalancing

solar torques, thus reducing the pitch and yaw limit

cycle levels.

a. Attitude control cruise power. The cruise power for
attitude control is the transformer-isolated 50-v-rms out-

put of the main 2.4-kc inverter. This signal is rectified

to provide the ±26 vdc, which is routed to the CC&S
for attitude control command switching. The Canopus

sensor supplies a 25-vdc signal to the CC&S for

Canopus-sensor cone-angle updates.

b. Sun sensors. The cruise and acquisition Sun sensors

are the position-sensing elements in the pitch and yaw

cruise attitude control loops. Power to the cruise sensors

is provided by the ±26-vdc signals, routed through two

relays, and a regulator, which reduces the signals to

±16 vdc. The first relay supplies sensor power upon

receipt of the attitude control power on command. The

second relay turns the sensor power off during a mid-
course maneuver. The cruise Sun sensors are oriented so

that their null axes point in the direction of the space-

craft negative roll axis.

Power to the acquisition sensors is provided by the

±26-vdc signal, routed through the above two relays,

and a third relay, which is controlled by the Sun gate.
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(The Sun gate keeps the power to the acquisition sensors

on during Sun acquisition.) The acquisition sensors are

positioned so that the Sun will always be visible to at

least one set of sensors during acquisition. This gives the

sensors a 4 7r sterad (complete sphere) field of view.

Power to the acquisition sensor is switched off when

the Sun-gate sensor is looking at the Sun.

The Sun sensors consist of a photoresistor mounted
beneath a shadow mask. The sensors are connected in

pairs so that the output is a de signal proportional to the

angular deviation of the sensor axis from the line of

sight to the Sun (Fig. 132). The sensor polarity is such

that a positive pitch (or yaw) rotation of the spacecraft

from its null position gives a negative voltage.

+26 v

CRUISE

NULL SENSORS

AXIS +16 v_

I SHADOW

_SK -16 v

SENSOR

ACQUISITI ON

SENSORS

AMPLIFIERS

-26 v

Fig. 132. Sun sensors

c. Sun gate. The Sun gate is used to determine when

the spacecraft has acquired the Sun. The Sun-gate

sensor is a set of photoresistors masked so that they are

sensitive to spacecraft cone angle but insensitive to clock

angle. The sensor will turn off the gate signal when the

negative roll axis is within approximately 2a/_, deg of
the Sun line.

The Sun-gate signal holds the power to the acquisi-

tion Sun sensors on and holds the Canopus sensor power

off. When the signal disappears, power is switched from

the acquisition Sun sensors to roll-search logic. The gate

signal holding the Canopus sensor power off is also
removed.

d. Canopus sensor. The Canopus sensor is the position-

sensing element in the roll attitude control loop. Power

is provided by the 50-v-rms signal from the main 2.4-kc

inverter. This power is switched to either the sensor
electronics or the Sun shutter. When the electronics are

on, the shutter is off. The Sun shutter protects the sensor

from the damaging effects of very bright objects when
the sensor's electronics are off. The sensor electronics are

held off by the Sun-gate signal, CC&S command M-2,

DC-18, DC-20, or by CC&S command L-3 before it has
OCCUlTed.

The position of Canopus is described by its cone angle

from the Sun and its clock angle about the spacecraft-

Sun line (defined as zero with the clock angle of all other

objects measured from Canopus). The sensor has a field

of view of approximately 11 deg in cone and 4 deg in

dock. The ll-deg field of view in cone is repositioned

electronically to follow Canopus through a total excur-

sion of 28 deg. These cone-angle changes are com-

manded by the end counter of the CC&S and are backed

up by DC-17. Each CC&S or DC-17 command will

change the cone angle one increment of 4.6 deg cyclically.

e. Roll-search/og/c. The roll-search logic provides the

spin and search signals used in the roll attitude control

channel. The _--+-26-vdc power is provided when this

power is switched from the acquisition Sun sensors.

When the Canopus sensor is off, the spin signal is

made available to the roll-axis control system. When this

negative signal is switched into the roll switching ampli-

fier, the spacecraft establishes a negative roll rate of

approximately 3.5 mrad/sec. This is used for calibrating

the science magnetometer. When event L-3 occurs

(L + 997 min), the spin signal is permanently disabled.

When the Canopus sensor is on, the search signal is

made available to the roll switching amplifier. This

negative signal establishes a spacecraft roll rate of

approximately 2.0 mrad/sec. When an object has been

acquired, the search signal still exists but is no longer

input to the switching amplifier.

A signal from the roll negative-torque gas jets is fed

back to the roll-search logic. If the negative-roll jets

stay on for more than approximately 30 sec, the search

signal will be inhibited. Thus, ff the roll gyro malfunc-

tions and fails to null out the search signal being fed

into the switching amplifier, the search signal will be

switched off after 30 sec to prevent the spacecraft from

spinning up to damaging rates. This inhibit may be reset
by the use of DC-21.

_. Canopus gate. The Canopus gate is used to switch

the roll-axis control system from the search to the acquire

mode. The ±26-vdc power used comes on when the

attitude control power goes on at separation. Both

the acquire signal and the roll error signal from the

Canopus sensor are input to this gate. "When the acquire

signal is received, and ff the roll error signal is negative,
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the Canopus gate will switch a relay causing the roll

error signal to be input to the roll switching amplifier in

place of the search signal. The signal that holds the

gyros on is removed by this relay at the same time.

A check of the roll error-signal polarity prevents reflec-

tions of very bright objects from being acquired that

are within the acceptable intensity range but with in-

verted roll error signals. Acquiring a very bright object

with an inverted error signal would cause the spacecraft

to go into a high-velocity limit cycle with rapid gas con-

sumption. If the acquire signal goes off, the gate will

reset the relay, switching the search signal into the roll

switching amplifier and providing a turn-on signal for
the gyros.

g. Gyros. Three single-degree-of-freedom gyros provide

the rate error signal to the pitch, yaw, and roll attitude

control loops. Power for the gyro motors is supplied by

the three-phase 400-cps inverter. Power to the amplifiers
in the gyro loops is provided from the maneuver 2.4-kc

inverter. All gyro power is held on by the gyro switch

control, which may be triggered by any of several signals.

During launch the switch is held on by attitude control

power through CC&S command L-2 and the gyro arm-

ing switch. When either of these opens, this power is

removed. When the relay controlled by the Canopus

gate is in the search mode, a signal is routed to the gyro

switch control. In addition, CC&S command M-1 or M-2,
or DC-18 will hold the gyros on. The switch control has

a 200-sec delay in turning off, allowing part of the roll

rate to be damped out when the Canopus sensor acquires

a body and switches off the signal to the gyros.

When used during acquisition, all gyros have an out-

put to the switching amplifiers that is proportional to

the sensed spacecraft angular rate. For a positive rota-

tion rate, the output to the switching amplifier is a

negative dc signal. The gyros are turned off after

Canopus has been acquired and are not used during
cruise. They are next used during the midcourse
maneuver.

h. Switching amplifiers, derived rate, and gas subsys.

tem. The switching amplifiers used the position and rate

error signals during acquisition to control gas-valve

actuators. Both ac and dc power is provided by the

main 2.4-kc inverter. The switching amplifiers begin

operation when the attitude control dc power is switched
on at separation.

A deadband is provided so that the gas jets will not
be on continuously. The amplifiers have a minimum on-

time characteristic (20 msec) that controls the size of

the nominal limit cycle. The gas-valve actuators open the

valves to the gas jets that release nitrogen. The gas

system consists of two independent gas supplies and sets

of jets. Thus, if one jet should stick open and exhaust

the nitrogen supply in one bottle, there will still be

enough nitrogen left in the other bottle to perform the

necessary attitude control functions.

The configuration of the switching amplifiers and gas

jets is such that a positive signal into the switching am-

plifier, above the deadband level, causes the gas jets,

which apply a positive restoring torque to the spacecraft,

to open. Thus, if the spacecraft makes a negative rota-

tion from its null position or if a negative rotation rate
exists, a positive signal is sent to the switching amplifier,

and causes a positive restoring torque.

Since the gyros are switched off after Canopus acqui-

sition, their rate error signal is not available to the

switching amplifiers during cruise mode. Rate control is

provided by the derived-rate feedback signal around the

switching amplifier. The behavior in the phase plane is

shown in Fig. 133.

POSITIVE
TORQUE
JETS ON

\\

RATE

l NEGATIVE
TORQUE
JETS ON

GAS JETS OFF
I Jj/- SWITCHING
I _1 / WITH NO

_ IDAMPING_\\

'\ i w \\\

\

LINES

Fig. 133. Derived rate damping in the phase plane

The switching line without derived rate is vertical.

When the switching amplifier power switch activates the

gas jets, the derived-rate compensation essentially inte-

grates this signal and feeds it back to the input. Due to

the sign inversion in the switching amplifier, the feed-

back signal is opposite in polarity to the position-error

input. Therefore, the switching amplifier will turn off
sooner with the feedback than it would without it, and

will introduce damping into the control loops as shown

in the figure.
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i. Solar vanes. The Mariner Mars 1964 spacecraft is

equipped with reflective vanes that adjust to balance

the solar torques and reduce the pitch and yaw limit

cycle size to within the switching amplifier deadband

during cruise. The ±26-vdc power for the adaptive

balancing system is turned on by the CC&S L-3 com-
mand at L -I- 997 rain.

After the solar vanes are extended, the firing of the

gas jets balances the vane positions. The firing of one

opposing jet more than the other indicates an external

torque imbalance, and the vanes are stepped with each

jet firing to counteract this imbalance. This continues

until the opposing jets are pulsing with equal frequency,

signifying a balanced condition. At some time after a

near balance condition is attained by the gas-jet system,

the solar vanes provide thermal damping to force the

spacecraft to a near null condition within the switching

amplifier deadband. The damping is provided by ther-

mal actuators that draw no power. This balanced condi-

tion continues as long as no rapid changes in the external
torque conditions occur.

i. Earth detector. The Earth detector is used to verify

the acquisition of Canopus after the roll search is com-

pleted. If Sun and Canopus acquisition are accom-

plished, the detector will sense reflected sunlight from

the Earth during the early parts of the flight. The detec-

tor's field of view is 83 deg in cone and 26 deg in clock,

which is designed to cover the change in direction from

the spacecraft to Earth due to differences in individual

trajectories.

The Earth detector consists of a photocell in series

with a fixed resistor, both of which have 26 vdc applied

across them. The voltage across the fixed resistor changes

in relation to the light received by the photocell. This

voltage, indicating light flux, is telemetered whenever

the gyros are off.

k. Narrow angle Mars gate. The narrow angle Mars

gate performs the important function of backing up the

TV planet acquisition signal to stop platform scan. It is

mounted on the spacecraft to indicate when Mars is in

the field of view of the Mars gate sensor near encounter.

It is powered by the science DAS, and its signal is used

by this subsystem for science switching purposes near
encounter.

2. Maneuver Functions

Errors during injection guidance may cause the actual

trajectory of the spacecraft to differ from the nomi-

nal trajectory. If this difference is large enough, a

midcourse maneuver is required to correct the miss

distance. Mariner Mars 1964 is capable of two mid-

course maneuvers.

The function of the attitude control subsystem during
the midcourse maneuver mode is to orient the thrust

vector of a body-fixed rocket motor to some predeter-

mined direction in space. To do this, the spacecraft has

to perform a pitch and roll turn in sequence as controlled

by the CC&S. This orientation is maintained during

motor burn by controlling the thrust vector to pass

through the spacecraft CG with an autopilot. After the

maneuver, the spacecraft returns to the cruise orientation.

a. Attitude control maneuver power. The same power

sources used in the acquisition mode are used during

the midcourse maneuver. The gyro power is switched on

by CC&S command M-1. The three-phase 400-cps in-

verter supplies power for the gyro spin motors. Power

for the gyro amplifiers, command current regulator, roll

one-shots, and midcourse autopilot is provided by the
maneuver 2.4-kc inverter.

Attitude control plus 26-vdc power are provided to the

CC&S so that it may be switched back to the attitude

control by CC&S commands. The maneuver may be

stopped by switching off this power to the CC&S
with DC-13.

b. Rate and position of gyros. The gyros warm up for

60 min after the midcourse sequence is begun by CC&S
command M-1. The M-2 CC&S command then switches

power off to all the Sun sensors and switches capacitors

into the feedback loop of all three gyros. These capaci-

tors then integrate the sensed rate to give a position

error signal. Thus, the gyros provide rate plus posi-

tion error signals to the switching amplifiers for the
remainder of the maneuver.

The pitch turn begins with the M-4 event, which

occurs simultaneously with M-2. The turn is accom-

plished by switching a constant current from the com-

mand current regulator into the gyro torquer. The CC&S

polarity relay M-3 selects the proper polarity current.

A positive current causes a negative spacecraft turn,

and a negative current causes a positive spacecraft

turn. When the current is first applied to the torquer,

the gyro senses the error signal and applies it to the

switching amplifier. The gas jets fire until the resulting

spacecraft rate nulls the torquer signal. The spacecraft

then continues to turn at this constant rate as long as the
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torquer current is applied. After a period of time speci-

fied by the stored pitch command, the CC&S switches

off this current. Since the torquer signal due to the com-

mand current is no longer present to null the sensed

rate, the gas jets operate to reduce the pitch rate and

position errors to small limit-cycle excursions about the

new pitch position.

The roll turn is initiated by CC&S event M-5, and is

performed in a manner similar to the pitch turn. Com-

mand current, whose polarity is controlled by the CC&S

polarity relay M-3, is input to the roll torquer. The new

pitch and roll positions are maintained for the remainder
of the maneuver.

During the motor burn, which begins with CC&S

event M-6, the gyro signals act through the autopilot

amplifiers to continuously adjust the jet vane angles

within the rocket nozzle. This angle adjustment controls

the torques generated by the motor thrust so that space-

craft attitude is maintained during burn. Although the

gyro signals are sent to the autopilot during the turns,

the autopilot has no effect on the spacecraft attitude

until the midcourse motor ignites.

The maneuver sequence is terminated when the

CC&S M-1 and M-2 relays are reset. The gyros remain

on, however, since the Canopus sensor is off. When M-2

is reset, Sun sensor power is applied again and normal

Sun reacquisition begins. The gyros turn off 200 sec after

the Canopus sensor acquires an object.

c. Capacitor cycling. Before the capacitors are con-

nected into the gyro loop, they are in an unenergized

portion of the gyro circuitry for an extended period of

time. In this configuration, they tend to lose dielectric

strength, which precludes their proper functioning when

connected into the gyro loop. In order to correct this

difficulty the capacitors are temporarily connected in
series between +35 vdc and -35 vdc and then recon-

nected in the parallel configuration. This cycling process
results in a "reforming" of the capacitors and occurs

immediately after gyro turn-on for approximately 12 sec.

If DC-18 is used to turn on the gyros, the cycling does
not occur. The cycling circuitry is switched out of the

loop by CC&S M-2 so that a failure in its circuitry does
not affect the maneuver.

d. Roll one-shots. The roll one-shots are emergency
circuits controlled by DC-18 and DC-21 commands. If

the Canopus sensor fails, the roll position may be con-

trolled by switching the capacitor into the roll gyro

feedback loop using DC-18. Vernier control may be

obtained by using the roll one-shots. The 2-deg one-shot,

triggered by DC-18, will switch a positive command

current into the roll gyro torquer for a time equivalent

to a 2-deg roll turn. The -2 deg one-shot, triggered by

DC-21, will switch a negative command current into the

roll gyro torquer for a time equivalent to a -2 deg roll

turn. The spacecraft will not perform the - 2 deg roll turn

unless the capacitor has previously been switched into

the gyro loop by DC-18.

e. Autopilot. The midcourse autopilot is used to con-

trol the attitude of the spacecraft during midcourse

motor burn. This control is accomplished by continuous

adjustment of the angular positions of four jet vanes
mounted at the downstream end of the midcourse motor

nozzle. Since the motor is not mounted along any of the

spacecraft body axes, the motion of each jet vane is

controlled by a mixture of the signals of the three gyros.

Figure 134 shows the orientation of the spacecraft mid-

course motor and the jet vanes.

+Y

/

MOTOR NOZZLE:

NOMINAL DIRECTION

85"1"5 deg FROM + Z AXIS

I JET VANES

-I-Z

Fig. 134. Midcourse motor and jet vane orientation
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Each jet vane has its own separate control system,

consisting of an autopilot amplifier, a jet vane actuator

and a feedback loop. Power to the autopilot is provided

by the maneuver 2.4-kc inverter, and is switched on by

the CC&S M-2 event. The three gyro signals and the

feedback signal are summed in different ratios at the in-

put to each amplifier. The jet vanes are then adjusted so

that the motor thrust vector passes through the space-

craft CG, thus nulling the gyro error signals.

3. Mariner Mars 1964 Cruise Attitude Control Subsystem
Definition

The functional mechanization of the Mariner Mars 1964

attitude control subsystem is shown in Fig. 135. The fol-

lowing discussion describes the functions of the various

commands and sequence of operations during the flight.

a. Functions of CC&S commands. The functions of the
CC&S commands are:

. The L-2 command is the main power signal that

energizes the attitude control subsystem after

Agena D/spacecraft separation. Once power is

applied to the subsystem, it remains on throughout
the balance of the mission. This is a timed com-

mand in the CC&S sequence. (Prior to separation,

power is applied to the gyros through this relay;

hence, the gyros are on from launch.)

. The M-1 command is issued approximately 1 hr

before the midcourse command to permit gyro

warmup and temperature stabilization, and remains

activated throughout the entire maneuver period.

It actuates the gyro control relay and thereby ap-
plies gyro loop power.

. The M-2 command is the inertial mode command

signal, which is derived from the CC&S, and is

applied throughout the entire maneuver period. As

an application of the command, the star sensor

and roll-search command are disabled, the pitch and

yaw sensor error signals are replaced with the gyro

signals, and the autopilot is energized. This com-

mand also places the pitch, yaw, and roll gyros in

the integrating gyro.

. The M-3 command sets the polarity of the com-

mand to be executed by the M-4 and M-5
commands.

5. The M-4 and M-5 command signals apply torquing

current to the gyros during maneuver turning pe-

riods, and determine the length of time the com-

mand is applied. These command polarities and

times are computed on the ground from trajectory

observations, are transmitted to the spacecraft, and

are stored in the CC&S prior to the execution of
the command.

. The MT-1, MT-2, MT-3, and MT-4 commands are

sent during flight to update the Canopus sensor

cone angles as a function of the trajectory.

b. Functions of attitude control relays. The functions

of the attitude control relays are:

. The gyro control relay switches power to the gyros,

grounds the output of the switching amplifier com-

pensation networks, and controls the three-phase

gyro spin motor power inverter. It is actuated by

M-l, L-2, and the Canopus acquisition gate
through diode logic.

, The Canopus acquisition gate relay is a latching-

type relay that is actuated through diode logic by

the roll override ground command and the Canopus

gate signal. The gate relay is reset when attitude

control power is turned on. The gate channel ap-

plies a positive pulse through the inversion ampli-

fier to the gate relay when the Canopus sensor has

acquired the star. Upon loss of Canopus acquisition,

a negative pulse is applied to the gate relay

through the inversion amplifier, which transfers

the roll input of the switching amplifier from the

Canopus sensor roll error signal to the search com-

mand signal. Also, the acquisition gate relay sup-

plies a command signal to turn on the gyros
whenever the Canopus sensor does not have star

acquisition. The roll override signal is capable of

overriding the Canopus acquisition signal in the

event that the wrong object is acquired. This com-

mand only transfers the acquisition gate relay from

the acquired state to the unacquired state.

c. Functions of discrete (ground) commands. The func-
tions of the discrete commands are:

. The DC-13 command provides the capability of

inhibiting all CC&S maneuver commands and per-

mits normal automatic attitude control operation

despite any type of CC&S failure.

. The DC-14 command provides the reset of DC-13

to return the attitude control subsystem to CC&S
control.
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3. The DC-18 command places the roll axis under

inertial control and commands a negative increment

in roll position (if the same command has previously

been received). The command turns on the gyros,

turns off power to the Canopus sensor, places the

roll gyro in the integrating mode, and commands a

standard rate turn in the positive direction for

a fixed time. This command is also used to provide

backup (redundant) roll stabilization in the event

of a Canopus sensor malfunction or if other than

normal roll position is required at any time.

4. The DC-19 command returns the roll axis to normal

automatic optical control. It resets commands
DC-17, DC-18, and DC-20.

5. The DC-20 command provides the capability of

disabling roll axis control completely. In the event

of a Canopus sensor malfunction early in flight, the

inertial backup mode could not provide the re-

quired operational lifetime; therefore, the command

would enable the gyros to be turned off by dis-

abling the Canopus sensor and star gate logic.

6. The DC-21 command provides the roll acquisition

override command if DC-18 has not previously

been received, or commands a negative roll posi-
tion increment if DC-18 has been received. In the

first ease, DC-21 forces the roll axis to reject a pre-

viously acquired object and search for a new ob-

ject. In the latter case (DC-18 previously received),

the command provides incremental ground control

for the roll axis of the spacecraft (positive increment

roll position).

7. The DC-17 command enables the Canopus sensor

cone angles to be set during flight in the event of
a CC&S malfunction.

8. The DC-15 command is the Canopus sensor bright-

ness gate override. It provides the capability of

allowing the Canopus sensor to acquire any celestial

object of sufficient brightness to give an output.

d. Sequence of operations. Several sequences of oper-

ation take place in the attitude control subsystem. These

may be summarized as follows:

1. Initial Sun and Canopus acquisition

2. Midcourse maneuver

3. Reacqnisition after midcourse maneuver

4. Reaequisition in case of a noncatastrophic distur-
bance

5. Roll override

6. Roll inertial backup

7. Canopus gate override command

8. CC&S override command

9. Solar pressure control of Sun-line attitude control.

A detailed description of the sequences is given in
Table 36.

B. System Design Considerations

1. Pitch and Yaw Acquisition and Cruise

a. Derived-rate acquisition. Derived-rate compensa-

tion for attitude control was very successfully used for

cruise operation on the Mariner H spacecraft. Neverthe-

less, gyros were used for acquisition. On the other hand,

one of the advantages of derived rate is the fact that it

is a passive compensation scheme and does not require

actual rate feedback through gyros. Therefore, ff derived

rate could be used for acquisition as well as for cruise,

the control system would be simpler and more depend-
able. Since derived rate does not use actual rate informa-

tion, these advantages would be bought at the expense of

efficiency; i.e., more gas consumption and longer acqui-

sition time. Consequently, a study was made of acquisi-

tion characteristics of a derived-rate system, as especially

applied to the pitch and yaw systems on the Mariner

Mars 1964 spacecraft.

On the basis of this study, it was concluded that

derived-rate acquisition on more than one axis at a time
would be undesirable. It was decided that it would be

necessary to use gyros for rate information during acqui-

sition and to have the gyros switched off after a 200-see

time delay following star acquisition in the roll-axis con-

trol system. This was similar to the Mariner H system.

b. Final pitch and yaw acquisition _stem. Once it was

determined that it was necessary to use gyros for acqui-

sition, the system was optimized for that configuration.

In order to promote reliability, it was decided to have
the derived-rate feedback hard-wired so that it was

in the system at all times. The derived rate was then

considered to be primarily for cruise operation with only

limited capability for acquisition performance in the

event of a gyro failure. But since the derived-rate signal

is in at all times, it tends to degrade the acquisition per-

formance with rate feedback from the gyros. This is due
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Table 36. Attitude control subsystem sequence of operation

Operation Initial condition

Derived rate feedback is in pitch and

yaw and rate feedback from gyro

are in roll. (Gyro control is actuated

Initial Sun and

Canopus

acquisition

Midcourse

by AC1 at launch.)

Sun sensor error signals (AC3-D) are

switched in.

Star gate acquisition relay is in search

position.

Secondary Sun sensors (AC4) are

switched in.

Sequence Description

Sun acquisition

Sun sensors and Canopus sensor are

Canopus acquisition

L-2 turns on power to the control system. Sun sensors start pitch

and yaw acquisition. L-2 remains set throughout flight.

Gyros have been on since launch. At the L-2 event, roll-search

begins, and the Canopus sensor is activated.

Canopus falls into the field of view of the Canopus sensor and

activates the star acquisition gate, which switches from the

roll-search command to the roll error signal from the Canopus

sensor. The star acquisition gate also deactivates the gyro

control, which transfers the roll axis system to derived-rate

control from gyro control and turns off secondary (acquisition)

Sun sensors.

controlling spacecraft attitude.

Control system is in derived-rate mode

(pitch, yaw, and roll axes).

maneuver

Reacquisltlon

after midcourse

maneuver

Reacquisition in

case of a non-

catastrophic

disturbance

Roll override

Roll inertial

backup

Sun and Canopus sensor are switched

out (M-2, AC3-D).

Gyros are in integrating mode

(AC3-B, AC3-C).

Secondary Sun sensors are on (AC4).

Gyros remain on due to Canopus

acquisition gate signal applied to

gyro relay.

Sun sensors and Canopus sensor are

controlling system.

Control system is in switching ampli-

tier compensation mode.

Sun and Canopus sensors are con-

trolling spacecraft attitude.

Canopus sensor has acquired and is

tracking the wrong object.

Sun sensors are controlling pitch and

yaw axes' attitude.

Roll axis is uncontrolled due to star-

sensor malfunction.

Co_nmanded turn

Reacquisltlon

Following

slmuitaneous loss

of pitch, yaw, and

roll control

Roll--override

command

Inertial backup

M-1 activates the gyro control 1 hr prior to this sequence, which

turns on the gyros and supplies gyro rate feedback for the

roll axis. (Replaces derived rate damping.)

M-2 switches out Canopus sensor power (AC3-A) and search

command power; transfers from optical sensor (AC3-A, AC3-D)

to gyro control in the pitch, yaw, and roll gyros in the inte-

grating mode (AC3-B, AC3-C). Event also applies power to the

autopilot subsystem (AC3-E) to be used during motor firing.

M-3 sets polarity of the turn to be executed in both roll and pitch

axes. It is set or reset at the start of both the roll and pitch

turns.

M-5 switches in the command current to the roll gyro, and the

timing of this command determines the magnitude of the roll

turn.

M-1 is opened.

M-2 removes inertial hold mode and applies power to the

Canopus sensor.

Sun and Canopus acquisition proceeds as in Sun and Canopus

acquisition sequence.

Loss of roll control activates gyro control and turns on gyros

through the Canopus acquisition gate. Secondary Sun sensors

are activated by the acquisition gate, and roll axis is then

under gyro rate damping in place of switching amplifier com-

pensation. Roll search commences.

Reacquisition proceeds as in Sun and Canopus acquisition

sequences.

DC-21 switches the acquisition gate relay to search position,

which introduces search command.

Gyros are turned on and search continues for a new object.

Following acquisition of Canopus, Sun and Canopus acquisition

proceeds as in Canopus acquisition sequence.

DC-20 is sent to conserve gyro lifetime.

DC-18 is initiated.

Gyros are turned on and roll gyro is placed in the integrating

mode.

Spacecraft is under three-axis control and roll axis is controlled

far communications by DC-18 and DC-21.

Continuous correction for gyro drift and initial orientation is

provided by DC-18 and DC-21.
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Table 36. (C0nt'd)

Operation Initial condition Sequence Description

Canopus gate

override

CC&S override

Sun-line attitude

control

Pitch and yaw axes ore controlled.

Roll axis is in search mode and cone

angle is at proper position.

Intensity measurement of Canopus

sensor indicates star acquisition;

however, no acquisition event is

indicated.

CC&S fails to issue a command to

attitude control or a malfunction of

CC&S commands into the attitude

control subsystem.

Sun/Canopus acquisition is complete

(cruise mode).

Solar sails are erected at solar panel

erection.

Canopus gate

override command

CC&S override

command

Solar pressure

control

DC-15 is sent when spacecraft roll orientation is near correct

position.

Canopus sensor acquires object and reduces roll rate, and gyros

are shut off.

Spacecraft is under three-axis control even though Canapus gate

circuitry has failed.

Attitude control subsystem malfunction is due to CC&S

malfunction.

Command is issued and attitude control is removed from CC&S

control.

Attitude control subsystem is independent of CC&S commands.

Canopus cone angles are set by DC-17.

L-3 activates power to solar pressure control system.

Solar pressure control system is in the adaptive mode to correct

for center of pressure and CG offsets resulting in pitch and

yaw torques.
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60

to the fact that the system normally switches on a rate-

plus-position signal, but the derived-rate system switches

on a position signal only. Therefore, the derived-rate sig-

nal is usually "oucking" the gyro rate signal. This effect

could have been minimized by limiting the derived-

rate output, but, since the minimum derived-rate gain

is determined by the cruise requirements, it was neces-

sary to lhnit the derived-rate signal by clipping at some

desired level below which the derived rate would oper-

ate in the optimum cruise-mode fashion. An analog com-

puter solution was run of acquisition time as a function

of derived-rate limiting and the results are shown in

Fig. 136. On the basis of the computer solution, it was

decided to limit the derived-rate output to 9.0 mrad by

clipping. Under these circumstances, the acquisition

system was hardly affected by the presence of the
derived-rate network.

The acquisition mode was optimized r with respect to

the rate-plus-position feedback, with a rate-to-position

gain of 7.0 sec. The limit-cycle mode could be optimized

without regard for acquisition due to the derived-rate

limiting, and the derived-rate parameters selected were
as follows:

1. Unrestricted gain = 160 mrad

2. Limiting = 9.0 mrad
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3. Charge time constant = 15 sec

4. Discharge time constant = - 120 sec

2. Roll Acquisition and Cruise

The primary angular position reference used for

Mariner Mars 1964 roll attitude control is the Canopus

sensor. The roll-acquisition problem is an example of

the general acquisition problem encountered when the

position sensor used has a narrow field of view and pro-
duces no useful error signal outside the field of view.

One solution of the problem is the generation of an

artificial position error signal to be used when the star
is outside the field of view.

a. Acquisition with reversible commanded search

logic. In order to ensure acquisition from reasonable

search rates (e.g., 0.2 deg/sec or greater) the reversible

commanded search logic is used. If the polarity of the

search command signal ec is reversed at switch point $2,
the spacecraft will roll in a direction so that the star is
driven back into the field of view. The effect of the

reversible commanded search logic is to provide an

equivalent saturated position sensor characteristic out-
side the field of view. The mechanization shown in

Fig. 137 uses the fact that the correct search polarity

when leaving the field of view is always opposite to the

polarity that drove the star into the field of view.

The acquisition signal eq is, therefore, used to change the

state of the search polarity flip-flop. The polarity will
then be correct when the star leaves the field of view.

A very definite possibility exists of the acquisition of an

undesirable object. The roll-override command changes

the relay to the search mode and resets the search-

polarity flip-flop to a preferred state. Thus, the space-

craft always searches in the same direction until the

next object is acquired.

b. Search command problems. Investigations revealed

that the nature of the output from the star sensor

created logic problems in the reversible commanded

search system. The identification and acquisition of

Canopus forms the major problem of roll-axis attitude

control. The acquisition gate provides a logic signal that

discriminates against objects that differ markedly from

Canopus in brightness. However, false acquisition signals

occur over an off-null angular region for a very bright

object because the apparent brightness falls within

Canopus brightness range. Extremely bright objects may

also cause inverted phase error signals. If this is left

uncorrected, the resultant roll motion may be a high-

velocity limit cycle with very rapid gas consumption.

To avoid the problems presented by very bright ob-

jects causing inverted error signals, logic, in addition to
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acquisition signal, is required. The additional logic is

based on inhibition of the acquisition signal by a roll-

error-signal polarity detection. The mechanization is

relatively simple and reliable using unidirectional roll
search. Unidirectional roll search has inherent noise

rejection properties; i.e., spurious acquisition signals and

very narrow field-of-view objects are automatically

rejected. Acquisition of Canopus with unidirectional

search requires a _2 deg minimum field of view for

Canopus brightness objects, a requirement feasible with
the present Canopus sensor.

c. Roll attitude control subsystem description. The

Canopus sensor provides two signals. The roll error

signal e, is proportional to the roll error angle 0 over a

range of l el < l e, [ and is constant for O__< l el < e, The
acquisition signal is a logic signal that indicates when

IOl < 0/" When the acquisition signal is true, the relay is

in position (1) and position error information is obtained

from the Canopus sensor; i.e., eo = e,. When the acqui-

sition signal is false, the relay selects ec as the artificial

error signal. The voltage ec causes the spacecraft to roll

until the next acquisition. A rate-integrating gyro pro-

rides a rate measurement signal that sums with eo to

form the error signal for the switching amplifier and

attitude control gas jets.

d. False objects. The roll control system must have the

capability of searching through the entire 2 _r rad of

roll angle, rejecting objects that differ markedly from

Canopus brightness. Canopus is identified by comparing

brightness measurements of objects encountered during
roll search with Canopus brightness. The acquisition

signal consists of the upper and lower brightness gates

summed in the sensor, and discriminates against objects

that are too bright or too dim (Fig. 138). In Fig. 138(a),

both gates, and, hence, the acquisition signal, are true

in the shaded areas. The false object that is too dim

causes no difficulty, as seen in Fig. 138(b). A false

object that is too bright, however, qualifies the lower

gate and upper gate in the region in which the apparent

brightness is in the Canopus brightness range; thus, a false

acquisition signal is present, as shown in Fig. 138(e).

The situation is complicated by the possibility of

inverted-phase roll error signals in the acquisition region.

This phenomenon is due to reflections, and arises when

extremely bright objects are encountered. The sensor

signals for the inverted error signal case are shown in
Fig. 139.

If the inverted error signal region is much smaller than

the field of view of Canopus, roll motion will continue

until the upper gate goes false. For a wider inverted error

signal region, the motion will reverse, as in Fig. 139(a),

and be driven to the initial acquisition line. Then the

system will return to the search mode and the search

signal will drive the object back into the field of view

causing a limit cycle on the acquisition line. The too-

bright, but not inverted, case is illustrated in Fig. 139(b).

Similar reasoning predicts a resultant high-velocity

limit cycle that causes very rapid gas consumption

because the jets are on almost continuously.
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Fig. 139. Behavior without error phase logic for a very bright object

e. Mechanization. The logic necessary to handle the

too-bright obiect case is rather simple when unidirec-
tional search is used. The mechanization is based on the

fact that the roll error signal of Canopus has the same

polarity as the search signal at the instant that the acqui-

sition signal changes from false to true. Therefore, a

detection of a wrong polarity error signal is used to

inhibit the acquisition signal and prevent the change

of state from search to acquired mode. Thus, the roll

control loop will never see the inverted phase error sig-
nal and will continue to search; this case is illustrated in

Fig. 140(a). The case of a too-bright object with proper

polarity error signal causes no difficulty because the po-

larity detection logic will inhibit acquisition in the region

where turn-around motion might occur; Fig. 140(b) illus-
trates this case.

The inhibit circuitry is quite simple; it consists of a

transistor, which, when saturated by a proper polarity

roll error signal, provides a path to ground when the

mode relay is pulsed from search mode to acquired mode.

Once in the acquired mode, the transistor is kept satu-

rated by the signal that is present on the other pole of

the mode relay. Thus, the loss of acquisition will not be

inhibited from changing the mode relay state to search.

The unidirectional search mechanization automatically
rejects objects whose brightness measurement is close

enough to Canopus' brightness to qualify the lower gate

over an angular region much smaller than the Canopus
field of view. The deceleration is insufficient to remove

the search rate in the angular region of acquisition and
search resumes.

f. Roll acquisition without gyros. It was necessary to

consider the ability of the roll control system to acquire

with gyros in order to investigate how well the system
could handle transients without losing acquisition and

going into roll search. As a matter of course, this study

indicated that the selection of the derived-rate parame-

ters was primarily influenced by the transient reacquisi-

tion requirement.

Tests were conducted on a single-axis simulator using

actual attitude control electronics and a Canopus sensor.

One of the most significant discoveries was the fact that

the Canopus-sensor time constant of 350 msec caused a

significant degradation in the expected performance.

This was due to the fact that the sensor signal lagged

the derived-rate feedback so that there was virtually no

damping. The problem was solved by increasing the

derived-rate gain and decreasing the time constant. In

order to improve limit-cycle performance, the discharge
time constant was made to be twice the charge time

constant. (The longer discharge time constant allows the

feedback signal to remain in longer to prevent noise from
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causing double pulsing.) The final derived-rate parame-

ters selected were:

1. Maximum (saturated) output = 320 mrad

2. Charge time constant = 9.0 sec

3. Discharge time constant = 18.0 see

4. Derived-rate limiting = 30 mrad

With these parameters, the simulation with the

Canopus sensor indicated that it was possible to acquire

an object on derived rate with a rate as high as

4.9 mrad/sec. This capability was enough to handle any

known transients.

3. Attitude Control Gas Requirement

The amount of attitude control gas to be stored on the

spacecraft depended on the gas consumption during

initial acquisition, maneuvers, reacquisitions, and cruise.

Gas consumption during cruise required a predication of

disturbance torques experienced during cruise. If the

solar vane system functioned properly, then unbalanced

torque and gas consumption during cruise would be very

small. The gas system, however, had to be capable of

performing the attitude control function without the aid

of the solar vanes and despite any failures of the solar

vane system that would produce large unbalance torques.

The total gas weight stored was sufficient to accommo-

date solar vane system failures and redundant half gas

system failures.

Gas consumption data during initial acquisition was

obtained from computer studies of spacecraft dynamic

behavior while the large initial tumbling rates were

being removed. Gas consumption during reacquisition

after maneuvers and disturbances would be much less

than during initial acquisition, because the spacecraft

rates to be removed would be much lower than initial

spacecraft injection rates.

During midcourse maneuver, the commanded turns

would require the spacecraft to accelerate from near-

zero angular velocity to the commanded turning rate,

and, at the completion of the turn, to decelerate to zero

velocity. In general, the gain and removal of the turning

rates would occur in both the pitch and the roll axes.

227



JPL TECHNICAL REPORT NO. 32-740.

During the midcourse motor firing, the spacecraft atti-

tude would be stabilized by the autopilot, but the

attitude control gas jets would remain on.

Gas consumption during cruise would vary as a

function of the type of disturbance present. The gas

consumption would be dependent on the limit-cycle

dimensions. A steady torque disturbance would tend to

compress the limit cycle against one side of the dead-

band. Transient disturbances of non-zero average value

would accelerate the spacecraft to much higher angular

rates than nominal limit-cycle rates. At the edge of the

deadband, these rates would be reduced by multiple

pulsing of the gas lets with coasting motion between

pulses until turn-around motion was achieved. The aver-

age effect of these disturbances would be very small

compared to the effect of a steady torque imbalance.

The relative gas consumption was readily converted to

gas weight consumed by use of a momentum balance

equation. The specific impulse of the gas has a different

value for continuous jet firing and for pulsed (pulse

width < 0.1 sec) operation. All phases of the mission

which incorporated derived-rate increment stabilization

fell into the latter category.

Table 37 shows the Mariner Mars 1964 attitude

control subsystem parameters and resultant gas weight
conversions.

The Mariner Mars gas system was composed of two

separate half systems with separate gas storage bottles

so that a valve-open failure would not be catastrophic.

The failed open valve would deplete the half system that

supplied that valve, and, in addition, would deplete one-

third of the gas in the other half system to offset the

torque caused by the failed valve. Therefore, three times

the estimated gas consumption had to be stored in addi-

tion to the predicted leakage per half system.

One of the main sources of unbalanced torques is the

failure of a solar vane to erect. A single vane failure

mode occurs when one vane fails to erect but the oppo-

site vane adapts properly. The worst case occurs when

Table 37. Parametric summary

Parameter Symbol Units Pitch Yaw Roll

Moment of inertia

Angular acceleration constant

Effective moment arm

Gas specific impulse (continuous)

Gas specific impulse (pulsing)

Limit-cycle deadband

Switch amplifier minimum on time

Total mission time

Gas weight conversion (continuous)

Gas weight conversion (pulsing)

Unbalance torque conversion

Gas weight consumed

Initial acquisition

Maneuvers

Reacqulsitions

J

0t

Is

Is

0ub

t,,

h

W/to.

W/to_

W/TD, a_g

W

slug-ft _

mrad/sec 2

cm

$e¢

sec

mrad

msec

days

Ib/sec

Ib/sec

Ib/dyne-cm

Ib

60

0.225

240

60

35

8

20

200

3.2 X 10-_

5.5 X 10-_

4.7 X 10-s

0.055

0.005

0.030

60

0.225

240

60

35

8

20

200

3.2 X 10-5

5.5 X 10 -s

4.7 × 10 -a

0.055

0.004

0.030

104

0.225

225

6O

35

4

20

200

5.5 X 10-5

9.5 X 10 -5

4.7 X 10-s

0.017

0.009

0.011

NOTE: Noncruise total = 0.215 Ib

Leakage per half system = 0.375 Ib

Stored weight for zero cruise disturbance = 0.375 "t- 3 X 0.215 = 1.0 Ib
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Table38.Gasweightsfora 200-daymission

Mode

description

All unbalanced

torque

removed

Mariner II

unbalanced

torque

Expected

unbalanced

and single

axis failure

Expected

unbalanced

and double

solar vane

failure

Total overage
unbalanced

torque about

all axes

dyne-cm

73

73 + 26 = 99

73 + 66 = 139

Cruise mode gas

weight expended

due to unbal-

anced torque
Ib

0.34

0.43

0.65

Total stored gas

weight necessary to
accommodate the

mode (includes

cruise consumption)

Ib

1.0

3 X 0.34+ 1 =2.1

3 X0.43+ 1 =2.3

3 X 0.65 "t- 1 = 2.95

one vane fails to erect and the opposite vane fails to

adapt. Table 38 summarizes the cases likely to be
encountered.

In view of the analyses made concerning possible

gas consumption, it was recommended that the space-

craft carry a stored gas weight of 6.9 lb. This gas storage

calculation actually represented a conservative estimate

of the acquisition requirements. Single-axis derived-rate

acquisition was assumed, which represented a failure

mode of operation since it was planned to use gyros. Due

to the spacecraft weight problems that were encoun-

tered, it was decided to cut the stored weight to 5.2 lb

gas. The use of gas as measured during the Mariner IV

flight has been well within the storage requirements.

C. Celestial Sensors

1. Canopus Sensor

a. H/story. Early in 1959 it was realized that three-

axis attitude control using the Sun and Earth for angular

reference was undesirable for typical Mars missions. Two

primary difficulties were apparent. The first difficulty

was that Earth would be quite near the Sun,as seen from

the spacecraft, for an extended period. This would make

it difficult to build a simple and reliable Earth sensor

for roll control of the spacecraft. During this period, the

dim Earth would be seen near the very intense Sun and

on a bright background of solar corona. Any loss of lock

would present an extremely difficult reacquisition and

identification problem. The second difficulty was that
maintenance of accurate roll conlxol would be difficult due

to the small Sun-spacecraft-Earth angle. In the limiting

case of Sun-spacecraft-Earth angle equal to 0, roll control

would be lost. Midcourse corrections in this region would

be impossible. Attitude control studies indicated that the

obiect angle of the Sun-spacecraft-roll references should,

in fact, be between 45 and 135 deg for good control.

The Sun was considered to be one of the necessary

reference objects because it could be identified and

tracked easily. Sun orientation was also desirable for
such reasons as thermal control and the collection of

solar power. Choice of the second (or roll reference)

object, however, seemed difficult, and no exceptionally

good choice was apparent. Tentative selection of the roll

reference object was first made early in 1960.

It was reasoned that if the Sun were used as a primary

reference, if most trajectories lay near the ecliptic plane,

and ff the Sun-probe roll reference object angle must be

near 90 deg (for best attitude control), then the roll ref-

erence star must lie near the ecliptic North or South Pole.

A search for an easily distinguishable star in those regions

yielded an obvious choice: the bright star Canopus.

Once the choice of Canopns became known and

accepted, further trajectory studies revealed another

advantage to the Sun-Canopus reference system. On

most of the Earth-Mars trajectories being considered,

during the last 110 days before encounter the Earth

direction would be relatively constant, as shown in

Fig. 141. This property made possible the use of a fixed

260

z 258
<

0
_7

u

z

255
36

_...110.008

RUNNING PARAMETER

GIVEN IN DAYS FROM INJECTION

I I I I
37 38 39 40

ENCOUNTER 221.372

/ I
, 216.142

_/200.008

- OO oo 
I ,3o.oo8

,4o.oo8,65.oo8

41 42 43 44

EARTH CONE ANGLE, deg

Fig. 141. Earth cone and clock angles vs

days from injection

229



JPL TECHNICAL REPORTNO. 32-740

omnidirectional antenna for communication purposes for

the near-Earth portion of flight and a fixed directional

antenna for the near-Mars portion of flight; thus, the re-

quirement for a movable antenna was eliminated entirely.

Although actual development of the Canopus sensor

used on Mariner IV did not begin until mid 1962,

mechanization studies directed toward development of

simple and practical schemes for tracking Canopus were
undertaken immediately after Canopus was selected in

early 1960. The following general requirements were
envisioned:

1. The device had to consume little power, preferably

under 5 w.

.

.

.

.

6.

A high probability of successful operation over

extremely long periods in space was mandatory.

Actual mission flight times were set at between

6000 and 25,000 hr.

Since Canopus is not perpendicular to the ecliptic,

a certain amount of gimbaling (±15 deg on one

axis) was required.

To survive launch environment, the device had to

be extremely rugged.

A weight under 7 lb was desirable.

Cruise and midcourse maneuver guidance require-

ments demanded extremely reliable identification of

the star Canopus by either onboard logic or ground-

based logic.

At that time, the state of the art for star tracker de-

vices did not match these general requirements. In par-

ticular, the modulation and scanning techniques used an

assemblage of moving mechanical parts such as spinning

reticules, nodding mirrors, cams, and gears. Such tech-

niques would require lubrication, pressurization, high

power, and have questionable lifetimes. The image dis-

sector, which could be scanned electronically, was rec-

ognized as a potential solution of the total problem.

b. Detailed functional requirements. There were many

fnnctional requirements placed on the Canopus sensor.
The requirements imposed by the attitude control sub-

system are tabulated in Table 39.

A minimum field of view in roll of ±2 deg was re-

quired to ensure stopping the spacecraft and acquiring

Canopus_ considering a partially failed attitude control

Table 39. Canopus sensor functional requirements

imposed by the attitude control subsystem

Category Requirement

Linear range

Field of view in roll

Scale factor

Angle noise

Time constant

Null accuracy

±0.85 deg

±2.0 deg minimum

8 v/deg ±20%

2 mrad peak to peak

_0.5 sec

0.1 deg

subsystem. Even though a 0.5-deg 3 _ null error would

be responsible for only 1%, of the total squared error

(1 _) of the midcourse maneuver, 0.1-deg null accuracy

was easily achieved and was made a requirement for
convenience in bench checkout.

Figure 142 shows how the Sun-probe-Canopus angle

changes during a flight to Mars in 1964. Two modes of

updating the sensor cone angle were required. A radio

command was incorporated to back up the automatic
mode that relies on the CC&S closing relays at preset

times. For simplicity in the CC&S, update times were

to be preset to a fixed number of days prior to encounter.

Preflight uncertainty of inflight Canopus cone angle at
each of the fixed update times, the uncertainty of the

alignment of the field of view, the signal-to-noise advan-

tages of a minimum field of view, and the simplicity and

weight advantages of a minimum number of updates

entered into the choice of an ll-deg field of view in cone

angle and five discrete positions (as indicated in Fig. 142).

Acquiring Canopus involves performing a stabilized

roll search at 0.11.6 deg/sec until the Canopus sensor

senses a star of the proper intensity. Roll control is then

transferred to the roll-position error signal produced by

the Canopus sensor. A gate and a voltage proportional to

intensity are used for the logic signal to perform this

transfer.

The high gate is required to protect the photocathode

from damage due to the acquisition of Earth. Tests have

shown that the cesium-antimony photocathode suffers a

permanent 30 to 409;. degradation in sensitivity when
illuminated with 2000 ft-cd for 10 min (if sensor voltages

are on). The equivalent illumination of the photocathode

within the image of Earth on the photocathode is about

3000 ft-cd. This is independent of the range to Earth as
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long as the angular diameter is greater than the resolu-

tion of the lens. Tests on a simulated 3-deg diameter

Earth at the roll-search rate of 0.1 deg did not degrade

the luminous sensitivity of the cathode. Therefore, pro-

tection was not required if the spacecraft was in roll

search. The high gate was set at 8 times Canopus to

prevent the acquisition of Earth.

The possibility of the Sun being focused on the photo-

cathode during initial acquisition or during a maneuver

was also considered. The illumination of the photo-

cathode within the image of the Sun is approximately

2 X l0 s ft-cd. Static exposure tests were run to simulate

ELECTRON IMAGE

DISPLACEMENT

X_

STAR ]- i!ili

IMAGE / / \ 2¢Jeg / \ LWIDTH OF ELECTRON

OFFSETS, / \ _, / \ APERTURE: 0.85 deg

CURRENT _ I-kc SWEEP _./

I$,,

STAR

IMAGE /
OFFSET L

Zs,

_,T

/P/_k/_ I-kc COMPONENT

X,

STAR

IMAGE

OFFSET

: ZERO
:.!ii:ii!!i_iiii ::: J- T

W L_/
/- 2-kc COMPONENT

I",/ IL",.;JLL/;_JD_ 7"

Fig. 144. Canopus sensor waveforms

the effect of the image of the Sun moving across the

photocathode at the spacecraft maneuver rate

(0.1 deg/sec). Since the Sun is 0.5 deg in diameter, a

static exposure of 5 sec is equivalent to the dynamic

exposure expectable in flight. Pointing a Canopus sensor,

with the power off, at the Sun (one-half an Earth solar

constant) for 5 sec caused a significant loss in sensitivity.
Therefore a fail-safe Sun detector and a mechanical Sun

shutter were incorporated to protect the photocathode

from potential damage.

c. Image dissector. Understanding the electrostatic

image dissector is fundamental to understanding the

operation of the Mariner IV star sensor. The device

consists of a cesium antimony photocathode, an elec-

trostatic electron optical image section, an electrostatic

deflection yoke, and a conventional electron multiplier,
all combined into one vacuum tube. Figure 143 shows a

cross section of the image dissector.

The electron aperture in the dissector is 0.160 in. long

by 0.012 in. wide. The 0.160-in. axis of the slit is oriented

parallel to the cone direction. The 0.012-in. axis is

oriented parallel to the roll axis. Projected through the

optical system, the aperture has an instantaneous field

of view that is 0.85 x 11 deg. This field of view is

sinusoidally scanned at 1 kc a total of 4 deg peak-to-peak

in the roll-angle direction. Figure 144 illustrates the

pulse train that is generated for various roll-angle posi-

tions of the star. Roll-position and star-intensity infor-

mation are contained in these pulse trains. Figure 145

shows the results of a Fourier harmonic analysis of the

pulse train. The polarity and magnitude of a star's roll-

angle position is contained in the 1-kc component of the

ht
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pulse train, while the 2-kc component is proportional to

the intensity of the star when the star is centered in the
field of view.

d. Image dissector development. There were many

problems, both electrical and mechanical, connected

with the development of the image-dissector tubes. Prob-

lems with luminous sensitivity, gain, and deflection-plate

alignment of the electron aperture were solved quickly.

A serious problem with uniformity of secondary emission

of the first dynode was finally solved in the rugged

image dissector. The electron aperture in the image dis-

sector was 0.160 in. long by 0.012 in. wide. The sec-

ondary emission efficiency depended upon location of

the electron image along the long axis of this aperture.

Minimum first dynode sensitivity was specified at 70%

of the maximum sensitivity. Shrinkage was high with

this specification, and the tubes that were delivered early

in the program were barely within tolerance. Parameters

of the processing procedure and electron optics were

studied in connection with the problem. The solution

was found in the processing, cleaning, and degreasing

techniques used. An improved cleaning technique was

incorporated for processing of the silver magnesium

dynode buckets with excellent results. Tubes incorporat-

ing these dynodes had consistent dynode uniformity in

excess of 85%. This processing improvement was incor-

porated in all the rugged tubes.

To help stabilize operating parameters, tubes were

burned-in with about the same photocurrent density as

in the star image, with the same anode current, and

with the maximum operating voltage on the last two

dynodes. The gain of the intermediate stages was

adjusted to meet the stated objectives.

Early failures in an engineering model sensor showed

that TA vibration could not be passed with the "regular"

tube due to failure of the butt welds at the point where

the dynode wires passed through the glass stem. Two

programs were begun at that time to obtain flightworthy
tubes. Table 40 summarizes the features of the three

types of tubes that evolved from these two programs.

Due to a time limitation, the improved tube program was

made the prime plan of attack and the rugged tube

program was made the backup. The "T" tube (so-called

because of the thick stem wires) was evolved in an effort

to improve scheduling after the failure of the improved

tube in the special TA test. The stems with the necked

leads, which were procured for the rugged-tube pro-

gram, were used to make the improved tubes. Because

of the thick stem wires, these tubes proved to be no

Table 40. Summary of image dissector tube development
for the Mariner Mars star sensor

Feature

Tweezer welds

Nickel to kovar butt weld at the stem

Shortened and kinked dynode leads

Quality control

Weld schedules

Welding tabs on concentric parts

Necked kovar stem lead

Two-part focus electrode

Snubbers on the multiplier

Regular

X

X

Some

Tube

Improved "T" ! Rugged

X X

X X

X X

X X

X X

X

X

better than the improved tubes. The thick stem just

transferred the loading to another weld that failed at

approximately the same vibration level as the weakest

weld in the improved tubes.

The rugged-tube program involved an attack on the

fundamental engineering problems of high stresses on

the internal stem wires and the weldability of the assem-

bly. With the aid of a telescope and synchronous photog-

raphy, the vibration characteristics of the tubes were

studied. The multiplier assembly has fundamental

reasonances, with Q's of 9, in the range of 300 to 400 cps.

Analysis showed that high stress occurred on the anode

and twelfth dynode leads where they passed through

the stem and where they attached to the dynode buckets.

These leads failed repeatedly. Not only were the leads

heavily stressed but also the sizing of the lead materials

caused a very unfavorable heat balance in the wire-to-

wire spot welds in the leads, resulting in especially weak

welds. Figure 146 shows the two major changes incorpo-

rated in the rugged design. Snubbers, which constrained

the multiplier in the glass envelope, removed the load

from the twelfth dynode and anode leads. The necked

stem lead provided more weldable-wire combinations

while retaining required flexibility in the external leads.

The rugged tube proved worthy of its name. Vibration

tests were conducted on the rugged electron multiplier.

It survived vibration inputs in excess of 30 g rms in the

range of 100 to 2000 cps. Using optical monitoring tech-

niques, the structure was examined for renonances in

this frequency range and none was detected. The snub-

bers very effectively supported the electron multiplier,

233



J P L  TECHNICAL REPORT NO. 32-740 

ne1 and the intensity channel. In the roll channel, the 
magnitude and phase of the pulse-train 1-kc component 
are detected using a half-wave phase-sensitive synchro- 
nous demodulator. The output of the demodulator is 
filtered to a half-power bandwidth of 0.312 cps. 

Table 41 outlines the performance of the roll error 
channel. The roll error signal is expected to perform 
within quoted specifications over temperature extremes 
of 0 to 100"F, supply voltage variations of +-3r/c, and 
power-supply frequency variations of & 1%. Degraded 
performance of the roll error channel can be expected 
over temperature extremes of - 50 to + 150 F, supply 

Fig. 146. Rugged electron multiplier Table 41. Roll error signal 

Value and kinks in each dynode lead, which contacted the 
photoceramic side plates, effectively damped out indi- 
vidual wire resonances. 

Parameter 

Scale factor 

Stability of scale factor 

Typical roll error noise 
1 X Canopus 

% X Canopus 

Time constant 

Null stability 

8 v/deg 

f 20% 

A sensor with a rugged tube passed the Mariner Mars 
1964 TA testing requirements without difficulty. All 
flight sensors used rugged tubes. 

0.015 deg peak to peak 
0.025 deg peak to peak 

0.5 sec 

-C 0.1 25 deg 
e .  Electronics. A block diagram of the sensor is shown 

in Fig. 147. There are two channels, the roll error chan- 

I-kc SINUSOIDAL I SWEEP 

I 
ROLL ERROR I ROLL PLATES 

I 
IMAGE DISSECTOR 
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CONE FILTER L -  
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PEAK SPACECRAFT POWER 

I DETECTOR 

ROLL ERROR 
SIGNAL 

ACQUISITION 
? LOGIC VOLTAGE 

I 
3 -RELAY 

CLOSURES 

... ̂. .- .-- CIRCUIT GATE 
7 - - - -  

RADIO 2 
COMMAND 
PULSE 

REFERENCE 
VOLTAGE 

I 
50-V. 2.4-kc 1 t 

SPACECRAFT POWER 

SUN 
SUN POWER SUN 

SWITCH SHUTTER 

Fig. 147. Canopus sensor block diagram 
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voltage variations of --10 to +40%, and supply fre-

quency variations of -5 to +2.5%. The null stability

includes the effects of supply voltage variation, supply

frequency variation, time, star intensity, and cone angle.

The null is not affected in any way by signal phase

shifts. However, phase shifts that occur prior to the
demodulator will reduce the roll error scale factor.

The largest single source of null instability is the cone

angle update. Null instability with cone angle can be

attributed to: (1) deflection nonlinearity in the image

t5

dissector, (2) mechanical alignment of the tube to the

sensor mounting feet, and (3) the network that compen-

sates for misalignment between the deflection plates and

the aperture of the tube.

Roll error scale-factor stability depends upon having

a constant amplitude pulse out of the preamplifier. A

high voltage AGC loop is used for this purpose in the

Mariner IV Canopus sensor. The preamplifier output is

filtered with a bandpass filter that includes 1 ke and

10

-J 5

Z

0 0

n.-
w

_J
_J
0 -5

I.-

z
w
I--
z

123
w

w
I--
w

w
1
IM
I-

-I0

-15 I

3.0

2.5

2.0

1.5

1.0

0.5
6 5

/

GATE TRUE

GATE FALSE --. .
i

4 3

_¢ 0.23 x CANOPUS -_--_

I x CANOPUS -_.f

_=_,_i55x CANOPUS ---_

0.25 x CANOPUS

I x CANOPUS

2 x CANOPUS

0

ROLL ERROR, deg

AJ

I

/
/

I_.U.I S IT ION GATE

3 4 5

:r-'--

Fig. 148. Canopus sensor outputs vs star roll error position

235



JPL TECHNICAL REPORTNO. 32-740

2 kc. This signal is peak-detected, and is used to adjust

the high voltage on the image dissector electron multi-

plier. By varying the electron-multiplier gain, the high-

voltage loop provides a constant output from the

preamplifier for a very wide range of star intensities.

The high voltage normally operates at about 1000 v when

Canopus is in the field of view. The value of the high

voltage is the measure of star intensity. A voltage pro-

portional to the high voltage is taken from the high-

voltage circuit and used to drive the acquisition gate.

This voltage is also telemetered back to Earth for use in

star identification. In addition to the ability to handle a

large dynamic range of star intensities, the high-voltage

AGC loop has other advantages. It automatically pro-
tects the electron multiplier from excessive current if a

bright object is encountered. Combined with wide acqui-

sition gates, the high-voltage loop will compensate for

large degradations in image-dissector sensitivity or gain.

Figure 148 is a representative summary of the three

sensor output functions as they vary with the roll posi-
tion of the star for various star intensities. The noise on

these plots is characteristic of sensor noise. The varia-

tion in apparent star intensity with roll angle is inherent

in the signal processing since the higher harmonics of

the signal are filtered out.

Two other functions are contained in the Canopus

sensor: a Sun-shutter drive circuit and a power supply

for updating the cone angle field of view. The cone

angle is updated by preprogrammed relay closures in

the CC&S. The CC&S is backed up by a radio command

input. The cone-angle generator is a three-relay, eight-

bit binary ring counter and a voltage divider. There are

five required positions of the cone field of view and

three optional positions. The optional positions all over-

lap the cone angle of Canopus at encounter. The center

line of each field of view is shown in Fig. 149. The

use of the image dissector made electronic gimbaling
possible.

Power is supplied to the Sun-shutter circuit only when
power to the Canopus sensor is off. A cadmium sulfide

cell is used to detect the presence of the Sun in the field

of view of the sensor. Power is supplied to an external

Sun shutter when this cell is illuminated with greater
than 1000 ft-cd.

There are 265 electronic parts and 24 transistors in the

Canopus sensor. The unit weighs 5 lb and consumes only

1.5 w of power. The low power consumption is largely

the result of the use of the electrostatic image dissector
and series-resonant high-voltage power supplies.

Fig. 149. Programmed changes in Canopus sensor
field of view

f. Mechanical design. Mechanical design of the sensor

was complicated by the required cantilever mounting.

To cope with this condition, it was found desirable to

package the electronics well toward the front of the

shade to help balance the sensor. Figure 150(a) shows

the sensor with all the covers in place. The location

of the mounting feet was determined by the spacecraft
interface.

The sensor is integrated into a single unit. It houses

the shade, the optics, the image dissector, and all the

electronics. The image dissector is mounted in O-rings,

and constrained axially by a clamp at the front, which

prevents changes in the optical focus with temperature

and stressing of the image dissector. The optics are

mounted in a barrel that is flange-mounted to the chassis

of the sensor. Focusing was accomplished by sliding the

lens inside the barrel and clamping it into place. Align-

ment of the optical axis with the electrical null of the

image dissector was provided for by means of ample

clearance holes on the flange. The baffles and aperture

compensator dropped in as a unit. The baffle assembly

was fabricated of 0.020-in. stock, and is very lightweight.

The sensor is enclosed by four cover plates. Three of the
covers serve as dust covers; the fourth is used to seal out

light from the optics and image dissector and to give the

structure torsional rigidity.

Figure 150(b) shows a completed sensor with the
covers removed. The chassis was machined from one
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a COVERS REMOVED 

Fig. 150. Canopus sensor 

piece of aluminum, with a typical wall thickness of 
0.040 in. Considerable care was required to machine the 
chassis. Structural fraction of the total sensor weight was 
38.4%. This included the chassis, the dust covers, and 
all aluminum parts. Low total weight (5.0 lb) was 
achieved for a fundamental chassis resonance of 350 cps. 
Packaging of the electronic circuitry takes advantage of 
the open mechanical configuration of the sensor. Con- 
ventional single-sided, printed circuit boards are ar- 
ranged around the three sides of the image-dissector 
tube. The sensor is completely accessible and functional 
with the dust covers removed. Only one connector is 
used at the spacecraft interface. A preamplifier is pack- 
aged immediately above the image-dissector tube. 

Shielding was not required on any wires, except the 
incoming 2.4-kc power cable. 

g. Optical design. The optical system of the sensor 
consists of a shade, a catadioptric lens, and an aperture 
compensator. 

The lens was designed to have uniform image quality 
in a field of view 4 X 40 deg. It has an 0.8-in. focal 
length and a geometric speed of f/0.6. However, the 
effective speed considering the center occultation and 
the aperture compensator is f/l.O. The lens and aperture 
compensator are shown in Fig. 151. Without the aper- 
ture compensator, the image intensity would fall off to 
66% of the on-axis value at 16 deg off axis in cone angle. 
This aperture modulation is offset by the fingers of the 
aperture compensator. For a star on axis, the fingers 
block all rays above and below the secondary reflector. 
For a star below the axis by 16 deg, the fingers only 
block rays that are below the secondary reflector. The 
area of the aperture is equal for a star at 0 deg and at 
k 1 6  deg off axis. The secondary variations in aperture 
area were masked out by variations in cathode sensitivity 
that were normally about 10%. 

Because of the sensor susceptibility to spacecraft stray 
light and bright objects (like Earth) 10 to 25 deg outside 
the field of view, considerable effort was expended to 
minimize the intensity of stray light reaching the image 
plane. The aluminizing patterns on the catadioptric lens 
were modified to reduce stray reflections, and an edging 
technique was developed to minimize the light reflected 

PRIMARY ,-QUARTZ MENISCUS 
REFLECTOR 7 .,I 

r ASPHERIC 

ANGLE DIRECTION 

Fig. 151. Canopus sensor optical system 
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off the edges of the lens. The edges were first polished 
and then painted with Cat-a-lac black paint. Choice of 
Cat-a-lac black paint was a compromise between vacu- 
um stability and optical properties. Lenses were fabri- 
cated from the highest grades of synthetic quartz and 
light flint glass. The flight lenses were of image-plane 
quality with an exceptional polish, and were free of 
bubbles and other defects. The front element was tested 
for radiation susceptibility. No degradation was expected 
due to the Van Allen belts surrounding Earth. Since the 
geometric speed was f/0.6, centering and mounting were 
quite critical; however, no problems were encountered. 

h. Spacecraft stray light environment. The problem of 
determining stray-light response of the Canopus sensor 
was complicated by the configuration of the spacecraft 
and the availability of test facilities. 

Figure 152 illustrates the stray-light environment 
caused by sunlight reflected from the solar vanes. The 
photograph was taken with a camera located on 
the Canopus sensor. Even though the angle between the 
panel and the edge of the primary field of view of 
the sensor is 33 deg, the flux into the sensor baffle is 

over two million times greater than the flux from 
Canopus. Much of this stray radiation gets scattered into 
the primary field of view by the optical system. An over- 
all go/no-go test with the complete spacecraft illumi- 
nated with one solar constant and with the Canopus 
sensor looking at  a simulated star was studied but found 
to be impractical. As a compromise, the spacecraft was 
illuminated in piece-meal fashion by a 27-in. diameter 
Sun bundle in a special 40-ft hemispherical dark room. 
The total reflectance in the direction of the Canopus 
sensor of each hardware item was measured with a 
visual photometer. The reflectance of sunlight in the 
spectral-response region of the Canopus sensor was 
assumed to be the same as in the visual region. Total 
Canopus sensor illumination due to reflected sunlight 
was then calculated. Certain modifications were re- 
quired to bring the stray light down to an acceptable 
level. These modifications included the addition and 
modification of light shades used on hardware bathed 
in sunlight. In addition, the following rules were applied 
wherever conditions required: 

1. Spacecraft hardware had to be kept far away from 
the optical axis of the star sensor (preferably greater 
than 90 deg). 

Fig. 152. Stray light from solar panel as seen by Canopus sensor 
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Hardware in the hemisphere visible from the baf-

fles of the sensor had to have a very low diffuse

reflectance, and be free from highlighting com-

pound curves.

Hardware that had to be within 90 deg of the
optical axis of the sensor had to be located toward

the Sun, so that the sides visible from the sensor

would not be illuminated directly by sunlight.

An investigation of the diffuse reflectance of various

spacecraft surface finishes was conducted to determine
the most desirable finish. The results are tabulated in

Table 42. Laminar X500 gloss black paint was applied

liberally to all surfaces within 90 deg of the optical axis

of the sensor. For a weight penalty of less than 1.0 lb,

the spacecraft stray light was reduced from about

0.5 ft-ed per panel to 0.043 ft-cd per panel.

Table 42. Diffuse reflectance characteristics of various

spacecraft surface finishes

Spacecraft finishes

IFlat
01, 6._, Gloss Flat ISatin Black

deg deg X500 XSO0 Cat-a-Jac *black XSO0 velvet
% % % %

%

0 30

0 60

0 45

0.5 6.1 5.3 0.7 2.5

0.25 5.1 4.1 0.4 2.7

Test laboratory
surfaces

Black
Coffin

Carrarn
cloth

glass %
%

0.003

0.23

In addition to determining the stray-light environment

of the sensor on the spacecraft, it was necessary to deter-

mine the sensitivity of the Canopus sensor to stray light
and to screen each flight sensor for verification of its

ability to perform in the presence of stray light. The

sensitivity of a sensor to light from outside the primary

field of view is a complex function of the shade, the

optics, and the signal processing. In addition, contamina-

tion of the lens or baffle could significantly degrade the

performance of a sensor in a stray-light environment.

A wire 0.005 in. in diameter by 0.100 in. long, placed

just inside the edge of front baffle, degraded the

sensor sensitivity to stray light by a factor of 4 to 30

depending on the parameter used to judge sensitivity.

This test was partly responsible for the promotion of

spacecraft and shroud cleanliness as well as sensor
cleanliness.

The sensor function that turned out to be the most

sensitive to stray light was the star-intensity voltage,

which is telemetered to Earth for use in the ground-

based real-time map matching. A sensor sensitivity

threshold of 0.04 times Canopus was adequate to ensure

a good star map. All other sensor functions were less

sensitive to stray light. Null shifts, reduction of scale

factor, and reduction of the error-signal saturation volt-

ages could all be induced by stray light. However, the

light levels required to do these things were several

orders of magnitude higher than the light levels required
to interfere with the star-intensity roll map.

Each sensor was tested to verify that it had adequate
insensitivity to stray light. It was established that the

apparent star intensity caused by 0.1 ft-cd of light at

35 deg from the optical axis in roll should be less

than 0.04 times Canopus. The light level required by

each of the flight sensors for an apparent intensity of
0.04 times Canopus is tabulated in Table 43.

Table 43. Light levels required for 0.04 × Canopus

Spacecraft Critical light level, ft-cd

Mariner III

Mariner IV

Spare

0.51

0.21

0.23

Figure 153 shows the variation of sensitivity of the

Canopus sensor to stray light with roll angle and cone
angle. The curve is an average of two flight sensors, and

does not indicate the variability in sensitivity that was

observed. Variations in stray-light response between

sensors as large as an order of magnitude were observed.

i. Earth light. When Mariner IV initially acquired

Canopus, it was positioned so that Earth could not

appear directly within the sensor field of view at any

time during roll search. Earth, however, was only 21 deg
away from the optical axis of the sensor, and illumina-

tion on the spacecraft due to Earth light was over 1 ft-cd.

Located only 21 deg from the optical axis, the perfor-

mance of the sensor was definitely affected. Figure 154

shows the roll error signal and the intensity signal as a

function of the roll position of Earth. Initial-acquisition
geometry of Earth was simulated for this test. The curve

shown represents a test run after Mariner IV was launched

and explains a discrepancy between the a priori star map

and the real-time inflight star map.
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The Canopus sensor was not tested prior to launch

for the precise Earth geometry that existed for the

November 28 trajectory. Certain standard tests were run,

however, on a simulated Earth early in the prototype
phase of the development. These tests showed that it

was possible for Earth, the Moon, or Mars to cause the

Canopus sensor to deliver error signals of improper

phase simultaneously with an acquisition gate signal.
This phenomenon occurred while the bright celestial

object was still far off axis. Figure 155 shows a plot of
the sensor characteristics taken on the Mariner IV sensor

with the Earth geometry simulated for a launch early

in November. Inverted phase error signals occur at

±27 deg from the optical axis and the acquisition gate

is true in a large region common to the inverted error

signal.

The inverted error signals are caused by reflected

light. As a bright object rises toward the optical axis
from the right, it first illuminates the side of the baffle

and lens to the left of the optical axis. This light from

the baffle and lens makes its way directly to the photo-

cathode in which it is modulated and appears as an error

signal of improper phase. The angle at which this phe-

nomenon begins to take place corresponds to within

1 deg of the angle at which direct Earth light falls on

the front element of the optical system. Reflections

off the retainer ring on the front element are suspected
to be the cause.

Since this behavior could be expected from any star

sensor, and since this performance would seriously con-

fuse the control system, the attitude control subsystem

logic was mechanized to handle the inverted error sig-

nals. A unidirectional search was employed and the

attitude control acquisition logic required both a true

Canopus sensor acquisition gate and a -4 v error signal

to transfer roll control to the Canopus sensor.

Figure 154 shows that there are two stable nulls and
three unstable nulls in the error characteristic of Earth

when it is out of the primary field of view in both the

roll- and cone-angle directions. During one roll search

in the flight of Mariner IV, three stable nulls were ac-

quired because the apparent intensity was right for

acquisition. This extremely unusual error signal did not

cause the spacecraft to behave abnormally.

j. Star acquisition and recognition. The mandatory

requirement for positive star identification was solved

through development of a map-matching scheme that

required no onboard logic other than a brightness mea-

surement and simple magnitude gates. In addition, to

provide backup to a possible brightness-channel teleme-

try failure, omnidirectional-antenna lobe pattern and

magnetometer zero crossings were used to estimate roll

position during an initial 16-hr magnetometer calibration

phase of flight. A very simple photoconductive Earth

detector was also added, which would detect Earth if

the Canopus sensor was oriented in the direction of

Canopus.

This total system provided 100% identification cer-

tainty even in the event of one telemetry channel failure
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and with all complex logic, computation, and data stor-

age done on the ground. The geometric picture at the

start of the first roll search is illustrated in Fig. 156. In

ecliptic coordinates, the complete 360-deg roll-search

field of view takes the form shown in Fig. 157.

Figure 158 is a plot of the predicted sensor output

voltage versus clock angle at the time of first roll search.

This was made by constructing a Canopus sensor re-

sponse model based on laboratory calibration tests. The

tests determined sensor response to fiat backgrounds,

stars of varying brightness, multiple stars, and stars plus

flat backgrounds. In addition, it was necessary to deter-

mine response to extremely intense objects such as the

Moon or Earth. These could appear more than a million

times as intense as Canopus. Stray-light effects from such

objects were significant even though they were far from

the principal field of view. In Fig. 158, the predicted

Earth stray-light effect is shown at a clock angle of

102 deg. In flight, this effect proved to be a very im-

portant bit of information for roll-angle determination.

The position of Mariner IV in the solar system is

known by ground tracking and storage of trajectory

parameters in a ground-based computer. Since the space-
craft is Sun-line stabilized and the Canopus sensor cone-

angle field of view is known, it is possible to predict

precisely what celestial objects will pass through or near
its field of view as a 360-deg roll search is performed at

any given time. A ground-based computer contains
stored information on the celestial coordinates and rela-

tive Canopus brightness ratio of 423 stars plus back-

ground brightness of Zodiacal light and the Milky Way.

The computation of the Canopus ratio of each planet is

based on its range and phase angle. This information
is fed into the calibrated sensor model to determine the

estimated total sensor output versus clock (roll) angle as

shown in Fig. 158.

Ground real-time identification of the prominent celes-

tial objects passed during roll search was facilitated by

isolating and recording the sensor brightness telemetry

measurement on a recorder. A special plot of the a priori

star map was made on a clear plastic sheet using

the same scaling as was used on the recorder. As the

Mariner IV roiled slowly during its search for an object

of acceptable brightness, each prominent star could be

quickly identified by relating the recorder plot to the

plastic overlay plot.

Prior to midcourse maneuver, there were 13 periods of

commanded roll search by Mariner IV. The perimeter

of the sensor field of view at each brightness data sample

has been plotted both in galactic coordinates and ecliptic

coordinates. Hopefully, this will provide astronomers with

valuable new information about the background bright-

ness of Zodiacal light and the Milky Way as seen from

outside the Earth's atmosphere. An example of such a

plot is shown in Fig. 159.

The identification, or rather decision, of Canopus

acquisition was accomplished on the ground and not on

board the spacecraft. At first glance, however, it would

seem possible to set the onboard logic brightness gates

"tight" enough that the spacecraft would lock on only

Canopus. Careful consideration showed this to be haz-

ardous and, in fact, impossible. The elimination of planets

was not possible for they might, depending on their

range and phase angle, appear exactly at the Canopus

level. More important considerations, however, were re-

lated to the serious consequences of setting the gates too

tightly and missing the expected level entirely. This

would have required a mandatory gate override com-

mand and a subsequent derived-rate acquisition with-

out benefit of gyro rate signals. This was extremely

undesirable since (1) the derived-rate acquisition mode

was relatively new and not flight-proven, and (2) the

242



JPL TECHNICAL REPORT NO. 32-740

0

o

i:

3QnZIJLV1 :) I 2dl 1 ::) :i

243



JPL TECHNICAL REPORT NO. 32-740

0
m

_,_ 64

nr

fJ)

n 16
0
Z
<I
(..)

4
Z

)-
I--

Z
w
I-
Z

0.25
w
N

_J

_ o, o625

0
z

PREDICTED STAR MAP

- ACTUAL TELEMETERED STAR MAP

EARTH KOCHAB REGULUS
CANOPUS

.,oPosHIGH ........

_ GATE lii

/ I AND S-302
1- I NAOS _ "

-r PULL-IN , |

', LOW GATE _/J :

_ISTART OF _1 MILKYwAYI_ FL" MILKYwAY
ROLL SEARCH

¢ I I I I I I I I
0 40 80 120 160 200 240 280 320 360

CLOCK ANGLE, deg

Fig. 158. Predicted and actual Canopus sensor output voltage vs clock angle at time of first roll search

spacecraft, without benefit of any brightness gate logic,

would virtually stop on every star it saw. The necessary

ground commands to get the spacecraft to proceed to

Canopus in such a mode were many and complex. Set-

ring the gates fairly wide and accepting the necessity for

the more simple roll override command was decided upon.

beginning of the sequence. Many theories (from cosmic

rays to spacecraft electrical transients) were advanced

to explain the disturbances. Probabilities were computed

and tests were run, but none of the theories was able to

produce the frequency and magnitude of the observed
disturbances.

k. Flight experience. The Mariner IV attitude control

subsystem has experienced several disturbances on the

roll channel. These disturbances have shown up in dif-

ferent ways, depending on the condition of the space-
craft. The ways in which the spacecraft has been

disturbed are: (1) the roll-position signal has changed

abruptly, (2) the gyros have turned on, (3) the intensity

signal has increased momentarily, and (4) acquisition of

Canopus has been lost and the spacecraft has gone into
automatic roll search. During the first two weeks of

flight, these disturbances occurred at the rate of about

one every other day; in fact, the first attempt to perform

a midcourse maneuver was aborted when the spacecraft
lost lock on Canopus and went into roll search at the

Before launch, considerable attention was given to

spacecraft cleanliness. It was a well established fact that

a lambert, spherical dust particle 0.005 in. in diameter

in the field of view of the sensor appeared 8 times

Canopus from a distance of 4 ft due to reflected sun-

light. However, since solar pressure was calculated to

accelerate particles to escape velocity in less than 0.1%

of their orbital period about the spacecraft, and since it

was expected that any electrical charge picked up by the

spacecraft would be identical in polarity to any electrical

charge picked up by spacecraft-born dust, loose dust

was expected to be accelerated away from the spacecraft

leaving the Canopus sensor free from interference. Even

so, considerable care was taken to keep the spacecraft
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clean. To explain the roll disturbances, a mechanism was

required whereby particles could be continually released

from the spacecraft. It was suggested that meteoroid im-

pacts on the spacecraft could release dust particles, and

an analysis of this release mechanism was performed.

The analysis was based on published estimates of me-

teoroid fluxes and took into account the geometry of the

Mariner IV spacecraft and the sensitivity of the Canopus

sensor. The principal conclusion reached is described
below.

The observed phenomena on Mariner IV can be ex-

plained by assuming that small (10 -14 to 10 -12 g) me-

teoroids impact the solar panels and vanes and impart

a low velocity (10-'-' to 10 cm/sec) to 3- to 5-mil diameter

dust particles that are on the panels. The dust particles

are accelerated by solar radiation pressure as soon as

they leave the shaded area behind the panels. As a result,

most of the particles that are released with very low

velocities (1if'-' to 10-1 cm/sec) are accelerated to veloci-

ties of 0.2 to 0.5 cm/sec before entering the field of view

of the Canopus sensor. Approximately 0.3% of the dust

particles released from the two solar panels nearest the
Canopus sensor "drift" into the field of view of the sensor

and reflect sufficient sunlight into the Canopus sensor to

produce the observed effect. The nominal expected fre-

quency of such an event varies from approximately

5 events per day to 1 event every 20 days. The frequen-
cies bracket the observed frequencies on Mariner IV.

Even if the meteoroid flux estimates used are off by an

order of magnitude either way, the observed phenomena

are consistent with the proposed mechanism. The event

duration predicted lies between 1 and 500 sec, with most

of the event durations in the range of 10 to 50 sec.

The dynamic behavior of the spacecraft during each

of the first six roll disturbances was simulated using a

single-axis dynamic simulation of the spacecraft roll axis

and dust particles. There were no flight data that could

not be closely simulated using the dust-particle model.

The most troubling result of the dust-particle distur-

bances was loss of Canopus acquisition and subsequent
automatic roll search. In order to initiate a roll search

while the spacecraft was locked on Canopus, it was

necessary for the Canopus sensor intensity gate to be
violated, thus resetting the logic in the attitude control

subsystem to the roll-search mode. In order to decrease

the probability of losing lock on Canopus, the DC-15

command was sent to the spacecraft while it was locked

on Canopus. This command caused the attitude control

subsystem to ignore the acquisition gate signal from the

Canopus sensor and to rely exclusively on the Canopus

sensor error signal for roll attitude control. The com-

mand proved to be an effective solution to the problem.
Small disturbances continue to occur due to occasional

dust particles drifting through the field of view; how-

ever, Canopus lock has been solidly maintained since the
command was sent.

2. Sun Shutter

a. History and design evolution. During development

of the Canopus sensor, it was found that the Sun could

burn spots on the image dissector photocathode. An

occurrence of this sort during Sun acquisition was pos-

sible even though unlikely. To prevent damage of this

nature, a Sun shutter mechanism was developed.

A cadmium sulfide photoconductive cell was used to

detect the Sun and to provide a logic signal whenever
the Sun entered the sensor field of view. This cell was

mounted in a cavity in the front face of the Canopus

sensor. Light baffles and a field stop were designed to

give it a field of view similar to that of the sensor. Con-

sideration was given to enclosing the shutter mechanism

within the sensor assembly, but limited space, the sched-

ule, and the desire to keep magnetic fields low near the

image-dissector tube made this undesirable.

An external Sun shutter assembly with a modified,

commercially available rotary solenoid as the actuator

was used. The Sun detector and logic circuitry to pro-

vide the 22-v energizing signal to the solenoid was made

an integral part of the sensor.

A return spring was furnished in the rotary solenoid;

however, an additional spring was designed into the

solenoid hub and blade assembly to provide a redundant
force for the return stroke. Failure of the blade to return

to the deenergized position would have prevented oper-

ation of the sensor. The commercial rotary solenoid

chosen used metal balls and inclined planes to convert

the linear armature motion to rotary motion, which is

not good practice for high-vacuum environments.

During research and development on the problem of

lubricating the commercial solenoid, nomnetallic balls

made from nylon impregnated with molybdenum disul-
fide were tested. It was found that these balls also

required lubrication for proper operation. Teflon lubri-

cating powder was found to be an effective lubricant.
To ensure that the teflon powder would not migrate
from the areas in which it was needed, a technique

was developed to impregnate the outer surface of the
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nylon with teflon powder. A very light spray coating of

teflon in a phenolic binder was then applied, and baked
on to increase the mechanical bond. Environmental and

special vacuum life tests verified that this method of

lubrication was entirely satisfactory.

The shutter blade, as originally designed, was subject

to fatigue failures imposed by the high deceleration at
the end of the solenoid stroke. Failures occurred after

as few as 500 repetitive cycles under ambient room

conditions. The type of material was changed, and the

blade shape was changed to provide comer fillets to

reduce the local stresses. The redesigned shutter blades

were tested to well over 10,000 repetitive cycles without
failure.

b. Detailed functional requirements. The Sun detector

and associated circuitry to provide the excitation signal

to the Sun shutter assembly were housed in the Canopus
sensor. The functional requirements for the shutter

assembly were:

1. Actuation voltage. Upon application of 16 vdc to
the input terminals, the shutter blade had to exe-

cute a full stroke (deenergized to energized posi-

tion).

2. Actuation current. The current required for the

actuation voltage was not to exceed 0.22 amp.

3. Return stroke test. With the excitation voltage re-

moved, the shutter had to return completely to the

deenergized position.

4. Low voltage test. Upon application of 5-vde excita-

tion, the shutter had to remain in the deenergized

position.

c. Description. The following paragraphs describe the

electronics, the mechanical design, and the detector and
field of view of the Sun shutter.

Electronics. Figure 160 illustrates the portion of the

attitude control circuitry that is related to the Sun shut-

ter. The circuitry shown to the right of connector J1 is
housed within the Canopus sensor. The solenoid K1

shown to the left of J1 is the Sun shutter solenoid. Also

to the left of J1 is the power relay K2, which is energized

by the attitude control logic whenever the spacecraft is
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Fig. 160. Sun shutter electronics circuitry
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not locked onto the Sun. This arrangement ensures that 
a false signal cannot operate K 1  unless Sun acquisition 
is lost, and there is a possibility of the Sun coming into 
the sensor field of view. 

Primaiy power to the circuit is supplied by the space- 
craft 2.4-kc square-wave power supply. The shutter clos- 
ing signal is provided by the cadmium sulfide detector 
V2, which drives the silicon controlled rectifier CS1. The 
SCR provides rectification of the 2.4-kc input to provide 
dc power to the solenoid. Diode CR6 is a suppression 
diode to prevent voltage surges. Diodes CR2, CR3, CR4, 
and CR5 are used to temperature-compensate the circuit. 
Resistors R109, R111, R112, and capacitor C79 form a 
voltage divider network for the detector V2. The exact 
value of resistor R112 is selected to set the light-level 
switching point. 

Fig. 161. Sun shutter assembly 
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Mechanical design. The Sun shutter assembly (Fig. 161) 
is comprised of a modified commercial solenoid; a hub, 
solenoid return spring, and shutter blade assembly; and 
a mounting bracket that attaches to the spacecraft bus. 
The assembly is positioned so that, when energized, the 
lightweight shutter blade covers the sensor lens aper- 
ture. When deenergized, the shutter completely clears 
the sensor field of view, preventing any erroneous sensor 
output signals caused by stray light from the shutter. 

Detector and field of view. The cadmium sulfide de- 
tector V2 is a Clairex 705L cell, which is the same as 
that used in the Earth d e t e ~ t o r . ~  

The approximate field of view of the Sun detector is 
k2O deg in roll and +27 deg in cone. The precise field 
of view is determined by the intensity and position of 
the source; this relationship for the roll-angle field 
of view is shown in Fig. 162. Figure 163 shows this rela- 
tionship for the cone-angle field of view. 

d. Flight experience. The Sun shutter should actuate 
only if the Canopus sensor is directed approximately 

'Figure 173 presents a normalized sensitivity curve with respect 
to wavelength, a chart of response time versus light level, and a 
chart of conductance versus light level and temperature. 

MINIMUM TURN-OFF INTENSITY ' 
MAXIMUM TURN-ON 
MINIMUM TURN-ON INTENSITY 

2 0  IO 0 10 20 I O 2  
30 

ROLL ANGLE, deg 

Fig. 162. light intensity vs roll angle 
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toward the Sun. This could occur during acquisition or

during any spacecraft failure mode in which loss of both

Sun and Canopus lock might occur. It was not deemed
advisable to incorporate a telemetry channel to deter-

mine when the Sun shutter was energized, and none of

the existing telemetry channels pro_dde a positive indi-

cation of whether it has operated during the flight of

Mariner IV. It is, of course, known that the shutter has

so far remained in the deenergized position, since the

sensor would not operate normally if the shutter had
entered its field of view.

3. Sun Sensors

a. History and design evolution. The original design

requirements of the square root Sun sensors specified an

output signal the voltage of which was proportional to

the square root of the error angle from null in both the

pitch and yaw axes. This is how the name "square root

Sun sensors" originated. During the development of the

sensors, the signal requirements were changed to provide

a greater scale factor near null and signal saturation at

approximately 100 deg from null. This modified, single-

axis, error signal curve is shown in Fig. 164.

The Mariner IV Sun sensors operate on the same basic

principle as did the Ranger Sun sensors. The actual con-

figuration is very different, however, for two reasons:

(1) the difference in the required output signal character-

istics, and (2) the accessibility of mounting locations on

the spacecraft.

The Ranger spacecraft design allowed mounting of

acquisition sensors on the solar panel tips and the cruise

sensors on the spacecraft bus. This mounting arrangement

was ideal to meet the 2 7r sterad field-of-view require-
ment with the minimum number of detectors.

During the Mariner Mars spacecraft design, it became

desirable to mount all Sun sensors on the spacecraft bus

to prevent the solar vanes from restricting their field of

view, and to avoid added weight on the solar panel tips.

In order to prevent shadowing of the detectors by the

solar panels or solar vanes, the function of each detector,

which looks out from the bus into the plane of the solar

panels, was accomplished by two paralleled detectors.
One of these detectors was mounted on the sunlit side of

the spacecraft bus and the other on the dark side. Each

of these detectors was then provided with a field stop to

eliminate shadows or reflections from the solar panels as

shown in Fig. 165. The total number of detectors re-

quired for the two-axis system is 16, compared to 12 for

the Ranger system.

Excitation voltages of _ 16 and -+-26 vdc are required

to achieve the desired output curve shape. The electrical

diagram is shown in Fig. 166.

The basic function of the square root Sun sensors is to

provide error signals that can be used by the attitude

control subsystem to attain Sun acquisition and to main-

tain Sun lock after acquisition. The basic design tech-

niques used for both the Ranger and Mariner Mars Sun
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Fig. 165. Detector mechanical arrangement (single axis)
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Fig. 166. Sun sensors, electrical diagram

sensors were the same. The statistical results from accu-

racy tests run on 24 Ranger primary sensors were there-

fore considered to be indicative of both Ranger and

Mariner Mars sensor accuracy. These data are shown

in Table 44.

b. Description. The Stm sensor detector used for both

Ranger and Mariner programs was a cadmium sulfide

photoconductive cell. Figure 167 illustrates the change

in resistance of this detector with light intensity. The

curve in the figure was produced by measuring the re-

sistance of four detectors, at various levels of sunlight,

using neutral density filters.

The square-root Sun sensor system is comprised of four

separate assemblies, each containing four cadmium sul-

fide detectors. A full set of sensors is shown in Fig.

168. Two identical assemblies are mounted 180 deg apart

about the roll axis on the sunlit side of the spacecraft and

are called the primary Sun sensor assemblies. One of

these assemblies contains the A and C detectors shown

in Fig. 165. Also included are A'C' detectors to produce

an output function for the second axis. The other assem-

bly contains the B, B', D, and D' detectors. By physically

separating the cruise detector pairs A, B, A', and B' by

the width of the spacecraft (Fig. 165), signal degradation

caused by shadowing or reflections from spacecraft com-

ponents is prevented.

The other two sensor assemblies are mounted on the

dark side of the spacecraft bus in the same manner.

These are called secondary assemblies; one contains de-

tectors E, E', G, and G', and the other contains detectors

F, F', H, and H'. The secondary assemblies differ from

the primary assemblies in that they require plus and
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Condition 

At  70°F 

At 40°F 

At 140°F 

At 160°F 

At 0.7 solor constant 

At 0.5 solar constant 

At 0.35 solar constant 

After FA testing 

Table 44. Statistical test results on a group of 24 primary pairs of Sun sensors 

Avemge value 
sec of arc 

+ 0.72 
- 5.0 
4- 0.72 

4-15.5 

4- 0.72 

+ 2.1 
- 3.3 
- 2.5 

Null offser 

1 u distribution about mean 
sec of arc 

12 

22 

28 

31 

12 

- 
15 (only 6 pairs sampled) 

20 

0 2 4 6 8 IO 12 14 

LIGHT INTENSITY, f t - c d  

Fig. 167. Cadmium sulfide photoconductive cell 
characteristics 

minus 26 vdc excitation only, whereas the prirnary as- 
semblies also require plus and minus 16 \.de as indicated 
in Fig. 1%. 

c. Encironnzental testing. One failure of the square 
root sensors occurred during the first e p e  appro\-al 1-i- 

Condition 

At 70°F 

At 40°F 

At 140°F 

At 160°F 

At 0.7 solar constant 

At 0.5 solar constant 

At 0.35 solar constant 

After FA testing 

Average 
change, X 

0 

- 1.15 
+ 3.14 
4- 10.26 

0 

- 0.74 

- 0.76 

0.17 

Scale factor 

la  distribution, % 

- 
2.9 

1.6 

4.8 
- 

0.316 (only 6 pairs sampled) 

0.7 (only 6 pairs sampled) 

2.16 

lNCHES 

Fig. 168. Square root Sun sensors 

bration test. The postenvironmental perforinance test 
disclosed an open circuit to one side of an acquisition 
detector. The wire splice joining the detector lead and 
the lead froin the terminal board had failed open. The 
splicing techniqw was chansed so that the splices could 
be totally enclosed and supported by  the silicone rubber 
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potting material that was used to anchor each detector 
into its housing cavity. The type-approval vibration test 
was then repeated successfully and no failures of this 
type were encountered with the flight units. 

A second type of failure occurred during the flight- 
acceptance vibration testing of a secondary flight sensor 
when an open occurred within a detector. Microscopic 
inspection indicated that a substandard indium solder 
joint at  the junction of the detector wafer and the lead 
wire coming in through the glass header of the detector 
enclosure was responsible. The detector was replaced 
and the unit was retested successfully. 

4. SunGate 

a. History and design evolution. The Mariner IV Sun 
gate is a design modification of the Sun gate that was 
flown on the Mariner I I  spacecraft. The Mariner ZI Sun 
gate consisted of a block-like frame that enclosed two 
cadmium sulfide detectors, each having a sensitive area 
0.050 in. wide by approximately 0.190 in. long. Each de- 
tector was housed in a cavity covered by an aperture 
plate that had an opening approximately the same size 
as the sensitive area of the detector. The detectors were 
mounted 90 deg apart about the roll axis. In this manner, 
sunlight could energize both cells only when the space- 
craft was Sun-acquired. The cells were connected in 
series, and their resistance was used by the attitude 
control logic to sense Sun acquisition. 

The Mariner IV Sun gate incorporates design modifica- 
tions to increase its inherent reliability. Two cadmium 
sulfide detectors of the same type as those used on 
Mariner I I  are used. Either one can fail in an open state 
and the Sun gate will continue to function within ac- 
ceptable limits. I t  was estimated that the probability of a 
detector failing in a shorted state is extremely remote, 
since the sensitive strip is 0.050 in. wide and is protected 
from foreign material by a hermetically sealed enclosure. 

The basic functional requirements for the Sun gate 
are to provide to the attitude control subsystem an indi- 
cation of Sun acquisition. 

b. Description. The detectors used in the Sun gate are 
identical to the ones used in the square root Sun sensors. 
The Sun gate assembly (Fig. 169) is comprised of a block- 
like frame that houses two separate cadmium sulfide 
photocells, associated light baffles and apertures, plus an 
externally located terminal board. The sensitive area 
of each cell is restricted to a rectangular area of 
0.050 x 0.037 in. by a masking baffle. The field-limiting 

0 I 2 
L 

INCHES 

Fig. 169. Sun gate assembly 

aperture for each cell is adjustable in two axes for align- 
ment purposes and includes a central opening 0.070 in. in 
diameter. A stray-light baffle, having a central opening 
0.125 in. in diameter, is located approximately half way 
between the outer field-limiting aperture and the photo- 
cell surface. 

Restriction of the detector sensitive area was required 
to achieve the circular field-of-view characteristic 
(Fig. 170). Each photocell assembly thus provides satis- 
factory output signals for either yaw, pitch, or combined 
yaw and pitch errors. The two photodetectors are con- 
nected in parallel. If one detector should fail open, the 
other detector will still provide output characteristics at 
twice the normal resistance. With the triggering level of 
the attitude control logic set a t  14 kn, this would 
cause the spacecraft to assume a Sun-lock condition at 
4-deg angular error from the roll axis. This compares 
to 5.1 deg if both cells were operating in parallel. 

5. Earth Detector 

a. Design evolution. The extreme importance of know- 
ing roll attitude prior to midcourse maneuver, even in the 
event of certain telemetry-channel failures, pointed out 
the need for including an Earth detector on Mariner IV. 
Studies of the trajectory showed that early in the mission 
the Earth direction would be relatively constant if 
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Fig. 170. Sun gate charoderistics

Canopus were aoquired in roll. Since Earth is a large

and bright object, it could be detected by a relatively
simple device. A photoconductive cadmium sulfide cell

with no lens would reliably sense Earth for approxi-

mately 20 days. This would provide a backup means of

Canopus identification (for most trajectories) during the

crucial midcourse maneuver portion of the mission.

The functional requirements for the Earth detector were:

1. It had to be sufficiently sensitive to provide mean-

ingful outputs for the first 10 mission days

2. It had to be small in size, in weight, and in power

3. It had to have a field of view large enough to detect

Earth regardless of the trajectory

. It had to have a stray-light field of view small
enough to eliminate interference from all illumi-

nated spacecraft parts

b. Description. The Earth detector is a simple and

lightweight device (142 grams) made up of a light-

sensing element and an arrangement of baffles. The

detector is a cadmium sulfide photocell housed in a

transistor can. The resistance of the detector changes

with variations in light input. Its sensitivity is sufficient

to produce a detectable output signal from a light input

of 0.001 ft-cd. Figure 171 is a plot of constant Earth-

detector output contours versus cone and clock angle for

a 0.05 ft-cd Earth. Figure 172 is a plot of light intensity

330 ° 0 30 _

300 =

27O"

210 e 180 a 15CP

"4"_ CLOCK ANGLE

Fig. 171. Earth detector outputs vs cone and clock angle
for a 0.05 ft-cd Earth
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Fig. 172. Earth detector outputs vs light intensity

versus output voltage of the Earth detector. Figure 173

indicates the normalized sensitivity curve with respect to

wavelength. Table 45 is a chart of the response time

to light levels and Table 46 tabulates the variations in

conductance at various temperatures of the ceil. Fig-

ure 174 illustrates the sensing element and its allied

circuit components. Figure 175 shows the completed
Earth detector with four baffles and the small Sun shield.

Located nearest the sensing element is a 0.030 by 0.090 in.

rectangular opening that determines the effective de-

tector size. The second baffle defines the primary field

of view, which was optimized to be as large as possible

in both cone and clock angles without encountering any

253



JPL TECHNICAL REPORT NO. 32-740 

Response time" 

Rise 

Decay 

too 

80 

60 

4 0  

2 0  

a 

light level, ft-cd 

0.01 0.1 1 10 100 

2.8 0.30 0.07 0.02 0.007 

1.3 0.22 0.06 0.02 0.014 

2000  4000 6000 8 0 0 0  10,000 

Temperature, 'C 

- 25 

0 

25 

50 

75 

ANGSTROMS 

light level, ft-cd 

0.01 0.1 1 10 100 

115 97 93 90 94 

103 97 95 94 96 

100 100 100 100 100 

107 109 114 115 106 

1 I 4  126 131 138 I05 

Fig. 173. Earth detector normalized sensitivity 
curve vs wavelength 
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Fig. 174. Earth detector circuit diagram 
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Fig. 175. Earth detector assembly 

spacecraft interference. The clock angle field of vicw is 
restricted by the solar panels. 

Figure 176 is a plot of the predicted and actual Earth 
detector output voltages versus time, which are well 
within the design goal for the instrument. No additional 
telemetry channels were required, since the Earth de- 
tector shared the roll gyro channel. 
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D. Other Attitude Control Subsystems

1. (;as Actuator System

The Mariner Mars 1964 gas actuator system, which

uses cold gas (nitrogen) as the working fluid, was the

culmination of five years of attitude control gas-actuator

development. Contamination, the greatest problem in-

herent in these systems, was controlled by: (1) thrust
valves that had the characteristic of zero contamination

generation in the sensitive valving areas, (2) ultra-clean

heliarc welding techniques for clean-room compatibility,

and (3) flexible metal tubing that served as hinge com-

ponents so that torque arms could be optimized. The

system also encompassed a strap-on, contamination-

closed unitized design providing ultimate control at the
fabrication level.

Redundancy in the gas system was provided by the

use of two independent assemblies with sufficient gas

capacity to allow for a worst-case failure of one assembly.

a. Description. The system is comprised of two iden-

tical assemblies, each assembly having an independent

gas supply. Six thrust valves in each assembly are lo-

cated on the ends of the solar panels to provide the most

efficient torquing moment and to increase the stored

momentum. Each valve in an assembly has a companion

in the other assembly that provides a pure couple.

the remaining assembly of one-third of its gas supply. The

gas budget used allows for this mode of failure, whereas

a gas budget for a non-failure case would have to be

three times as big.

In the event of a worst-case failure, such as a valve

failing to close after the first spacecraft operation, one

assembly would be bled down completely. The torque

created by the failed valve would be countered by one

valve in each assembly, resulting in the ultimate loss to

In a spacecraft system employing mass expulsion actu-

ators, a tight pressure circuit having low losses due to

leakage is paramount. Mission times of 250 days present

a challenge to both static and dynamic seal techniques. A
choice of hard-seal metal-to-metal thrust valves was

made early in the program, although soft-seal technology
had made impressive showings. Mechanical fittings, such

as the B-nut type, were minimized because of inherent

leak and contamination problems. Welding methods
were considered for the statie seals; it was felt at the

time of development that a welding process would pro-
vide more ultimate control on contamination than the

brazing methods in use at that time.

The permissible leak rate out of the many seals and con-

nections of the Mariner Mars gas system was set at

30 cm3/hr (at standard pressure) per assembly. Quantita-

tive leak tests of the system after assembly reflected leak

rates that were almost wholly made up of valve leakage.

Each valve was allowed to leak up to 3 cm_/hr during

qualification testing. If each valve was leaking at its

maximum allowable rate, the total leakage per assembly
would become 18 cm3/hr, a factor well below the maxi-

mum allowed for each assembly. Other seal types used

in the system besides welded fittings include: (1) one AN

fitting,(having bull-nose terminations connected to B-nut

flare fittings)used in each line running to a solar panel

to provide backup flexibility in the event of mismatch

and as a field separation joint in case of an emergency

replacement of a gas-system extremity (i.e., from separa-

tion joint to the hardware on the end of the solar panel);
(2) a valve-to-manifold seal made with an X-bar seal,

which allowed a flange joint in an area in which con-

tamination sensitivity (i.e., the valve) is highest; and (3) a

vessel-coupling seal, which is a crush type with a soft

metal washer loaded to each side by serrated couplings.

A gas-system assembly is shown mounted on a sup-

port fixture in Fig. 177. The base fixture is essentially

identical in configuration with a section of the spacecraft

bus, and acts as jig tooling during fabrication of the dis-

tribution lines. The upper parts of the fixture are me-

chanical frames that act as solar panel fixtures when the

assembly is mounted on the spacecraft bus. As seen in

Fig. 178, the frames are deployed as the solar panels

would be during flight. Two flexible joints are provided

in each leg of plumbing running out to a solar panel.
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Fig. 177. Gas actuator system assembly on support fixture 

One flexible tube acts as a hinge adjacent to the connec- 
tion (i.e., monoball swivel joint) of the panel to the bus. 
A second flexible tube is provided, which allows the panel 
plumbing to be folded back, making the gas assembly 
shipping container smaller and more compatible with 
the spacecraft shipping van. 

Figure 179 shows a view of the high-pressure section 
in an intermediate fabrication step. An OSE manifold 
assembly that was developed at JPL is shown next to 
the receptacle. This manifold assembly, also called a fill 
manifold assembly, was one of the most important con- 
trols for the gas system during assembly qualification 
and field testing on the spacecraft. The manifold is 
shown schematically in Fig. 180. 

Gas introduced into the system must pass through the 
control filter, which has a rating of 0.5 p absolute. This 
manifold assembly was installed into the high-pressure 
assembly in a clean room as though it were a flight com- 
ponent. It remained on the assembly through all pre- 
flight operations and it was removed only after the final 
charging operation of the system prior to flight. Thus, 
contamination control was retained by means of the 
OSE manifold through all operations up to launch. 

The completed high pressure section of the gas system 
is shown in Fig. 181 and 182 after the temperature trans- 
ducers were mounted and the thermal control paint 

4 w - w  

Fig. 178. Gas actuator system assembly mounted on handling fixture 
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Fig. 179. High-pressure system 
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Fig. 180. Fill manifold assembly 

added. One transducer serves as the flight temperature 
pickup and the other is used for OSE monitoring of 
vessel temperature during pressurization or depressur- 
ization operations. The pressure vessel is supported on 
the equipment plate, the stiffened rectangular structure 
in Fig. 182, by a spider-like four-legged strap that loads 
the vessel into a cushioned spherical seat. 

The configuration of each gas system assembly made 
it impractical to test environmentally on an assembly 
level, and, therefore, it was decided that environmental 
qualification would be conducted on functional subas- 
sembly levels. The functional subassemblies were the 
high pressure assembly (often called equipment-plate 
assembly) and the four- and two-port valve assemblies. 
After FA qualification of the subassemblies, the hard- 
ware was returned to the clean room for installation on 
the support fixture and welding to the low pressure 

Fig. 181. Gas actuator system high-pressure section 

Fig. 182. Jet valve with solar vane control 

plumbing. After welding, the assembly was leak-tested 
using a helium mass spectrometer. Additional tests were 
performed on the assembly at designated times when 
thrust-valve and regulator characteristics were moni- 
tored. The regulator performance was evaluated by care- 
fully hooking the monitoring equipment to the outlet of 
one thrust valve that was actuated and held in an open 
position while a second valve was actuated. This means 
of testing negated the requirement to open the assembly 
anywhere between the inlet fill manifold and the valve 
outlets, thus alleviating a serious contamination control 
problem and minimizing the number of seals per system. 
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b. Components. The major components of the attitude 
control gas actuator system are the pressure vessel, 
the regulator, the valves, the high pressure circuit, the 
flexible tube assemblies, and the cable assembly. 

Vessel. Preliminary design studies on gas weight re- 
quirements indicated a need for 9 lb of nitrogen. This 
weight was three times the weight required for a worst- 
case mission without a failure, After several reiterations, 
the gas budget was approved for a nominal 5 Ib, but not 
until after fabrication had started on vessels based on a 
7-lb budget. The outside diameter of the vessel had to 
be frozen because of interface considerations, leaving 
the wall thickness as the only parameter that could be 
changed. The resulting vessel was approximately 10% 
larger in diameter than an optimum design. Also, the 
working pressure was changed from 3200 to 2500 psi. 

The vessel is of spherical shape, with the hemispheres 
joined by a uniweld technique. Titanium was selected 
as the material because of its weldability, its physical 
and tensile properties, and its toughness. The single ter- 
minating boss on the vessel has an entry hole of only 
0.156 in. through which the vessel was pressurized, and 
through which cleaning fluids had to be passed. The 
small opening was necessitated by the seal design, which 
was concentric to the hole. Cleaning was effectively 
accomplished by inserting an entry tube through the hole. 
Fluids used for ultrasonic cleaning and flushings could 
be expediently passed in and out of the vessel through 
the tube. 

Type-approval testing of the vessel included proof 
and burst tests, Three units, chosen at random, were 
tested to destruction. The first unit was hydrostatically 
burst on a single pressure cycle. From this result, a bulk 
yield point was established from volume pressure data. 
A proof pressure bnscd on SS'i;' of bulk yield was estab- 
lished for the design. The two remaining TA units were 
subsequently proof-cycled three times before being con- 
tinued hydrostatically to the burst pressures. A specifica- 
tion to the manufacturer required that the three burst 
values fall within 474 of one another. Figure 183 shows a 
vessel after burst testing. Wall-thickness measurements 
before and after burst are also correlated to toughness 
and yield properties. 

Qualification testing of the remaining units included 
hydrostatic and cryogenic tests. Each vessel was proof- 
cycled three times at room temperature, and cryogen- 
ically tested at  1.4 times the room-temperature proof 

Fig. 183. Pressure vessel after burst test 

level with liquid nitrogen. The latter test is considered 
an extremely effective test by which to establish struc- 
tural integrity. A microflaw, which can go undetected in 
radiographic and penetrant inspections, will propagate 
to destruction at cryogenic temperatures. After compo- 
nent qualification, the vessel received several pneumatic 
proof tests as part of system qualification. 

Regulator. With the exception of the inlet and outlet 
configuration, the Mariner Venus regulator was essen- 
tially the same as the Ranger regulator. The unit was 
a single-stage design that regulates to 15 z k  1.2 psi above 
ambient pressure over an inlet range of 100 to 3500 psi. 
In Fig. 179, the Mariner Mars regulator is shown adja- 
cent to the fill manifold assembly. The regulator does not 
contain a relief feature because each of the thrust valves 
downstream is self-relieving. The control poppet is a 
0.062 in. precision tungsten carbide ball that is activated 
by direct linkage to the sensing diaphragm. The leakage 
specification is 3 cm3/hr maximum over the specified life 
of 250,000 cycles. If a regulator were qualified by the 
manufacturer (qualification included 20,000 cycles of 
operation) and later failed to meet this leak specification, 
the problem was almost inevitably traced back to con- 
tamination. Contamination control was vital to successful 
performance of the regulator and the thrust valves, was 
deemed critical to ultimate reliability, and was main- 
tained at  a maximum particle size of 5 p metallic and 
ceramic and 25 p plastic. 
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The regulator performance and functional tests in- 
cluded, but were not necessarily limited to, the follow- 
ing: proof pressure, external leakage, internal leakage, 
flow tests, cycle tests, and filter tests performed to 
determine possible wear generation. Internal leakage 
was determined by pressure sensing of a downstream 
volume. Flow tests were performed over the range of inlet 
pressures at weight flow rates of le4 to 2 X le3 lb/sec. 
Before flight, each regulator received a minimum of 
50,000 cycles of operation. 

Values. In the prototype thrust-valve unit, a magnetic 
stainless steel was used for the body and shell to avoid 
a requirement for plating. Simplicity was the keynote in 
the design. Other salient features include: (1) a flange 
mount to eliminate problems associated with threaded 
connections, (2) moving parts ahead of the ball poppet 
made of extremely hard materials with almost unbounded 
cycle life, and (3) a self-relieving feature produced by 
designing the poppet to open in the direction of gas flow, 
which also allows a smooth transition in the seat area so 
that contaminants are less likely to pile up because of 
discontinuities in the gas stream. 

Valve components are mounted on manifolds to form 
either a four-valve assembly, as shown in Fig. 184, or a 
two-valve assembly. The figure also shows a solar vane 
actuator mounted on bosses provided on the manifold. 
Test nozzles are shown terminating each valve. From 
the test nozzle, flexible tubing was run to OSE pressure 

Fig. 184. Four-valve assembly 

switches for monitoring valve actuations during system 
tests on the spacecraft. The test nozzles also included a 
0.003-in. screen filter to preclude large contaminants 
from entering the valve outlet. 

Some of the performance and functional specifications 
for the thrust valves are listed in Table 47. 

The flight nozzles that are mounted to the outlet side 
of the valve are shown in Fig. 185. The orifice sizes 
range from 0.0114 to 0.0147 in., and provide a thrust 
level of 2.32 X and 3.90 X low3 lb, respectively, at  
a valve inlet pressure of 15 psi. 

H i g h  pressure circuit. The high pressure circuit is 
made up of the fill manifold assembly, the flight mani- 
fold, the pressure transducer, and tubing. The flight 
manifold, which includes a manual shut-off valve, is 

Table 47. Thrust-valve specifications 

Item I Specification 

Leakage during qualification 

Relief pressure 

Response time to open 

Response time to close 

Operating voltage 

Cycle life 

Wear (particle size generated during flight 

qualification of 50,000 cycles) 

3 cm3/hr maximum 

50 psi maximum 

15 msec maximum 

5 msec maximum 

25 v 

500,000 cycles 

5 p maximum 

Fig. 185. Flight nozzles 
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mounted directly to the pressure vessel boss. This circuit

was fabricated as a separate subassembly so that the

regulator was not exposed unnecessarily to heating dur-

ing welding. During the testing of the prototype high

pressure circuit after assembly to the regulator, it was

learned that the regulator would oscillate in a nonstan-

dard mode during normal flow tests. Investigations later

exposed the fact that the tubing running from the flight

manifold to the regulator was loading the inlet regulator
tube, which, in turn, increased the friction loads in the

piloting section of the regulator. The oscillations caused

by this problem were eliminated by the addition of two

bends in the tubing run, which disassociated the regu-

lator from loading effects. The thin-wall stainless tubing

used in both the low and high pressure circuits measures
0.246 in. outside diameter and has a wall thickness

of 0.016 in. Burst testing of the tubing was performed on

samples having sharp bends and typical weld connec-

tions. Burst values in excess of 11,000 psi were consis-
tently noted.

Flexible tube assemblies. The flexible tube assemblies

were required as pneumatic jumpers in the hinge area

of the solar panels and along the solar panel for flexi-

bility. The problem inherent with metal flexible tubing

is built-in contamination, which is extremely difficult

and often impossible to remove.

The eventual design became a 3/16-in. convolution

tube, fully annealed by a bright-anneal process. Before

heat-treating, the tubing was thoroughly cleaned, and

care was taken to maintain cleanliness throughout the

heat-treating process. Cycle tests of the flight design
indicated cycle life to be between 1200 and 3000 flex-

ures, each flexure consisting of deploying and erecting

the solar panels.

Cable assembly. The gas system assembly cable har-

ness interfaces with an 18-pin connector from the atti-

tude control electronics. Cable, which is exposed to direct

sunlight, is wrapped with aluminized mylar tape. The

cable running on the dark side of the solar panel was
jacketed in black teflon tubing to minimize reflections.

c. Fabrication and process development. Fabrication

of the gas actuator system required the development of
various techniques and processes in such areas as weld-

ing, tube bending, and leak testing. These processes are
discussed in the following paragraphs.

Welding development. There were some problems

involved in the welding of the stainless-steel tubings for

the gas actuating system, in which the tubing wall thick-

ness was only 0.016 in. and the contamination had to be

held to particles of less than 5 _. Because welded tubular

assemblies were impossible to clean, the fixtures and tubu-

lar lengths had to be cleaned before welding, and

maintained clean during and after welding. Such con-

taminants as weld splatter and oxide layers could not

be allowed to enter into the internal portions of the

tubing. An extremely fine touch was required on the part

of the welder, as was the utmost integrity in reporting

any possible blow-throughs during the welding process.

The welding process took place within a super-clean

room, and the contamination level in the clean room was

monitored at all times throughout the welding process.

Tube bending. The tubular assembly was fabricated

outside of the super-clean room, and special jigs and
fixtures were constructed to assist in the tube bending

and fabricating operation. The tubes were completely

filled with a special pitch and were then bent to accu-

racies within ±0.015 in. The flexible portions of the tube

assembly were also sized and cleaned prior to welding

and the entire assembly was prefitted and pretested for

fit on a fixture duplicating the spacecraft bus and solar

panel arrangement in configuration. A complete inspec-

tion was then made of all parts to eliminate all sharp

edges and burrs prior to precleaning and delivery to the

clean room area. The pitch was then melted and allowed

to run out, and the tubes were flushed with solvent.

Leak testing. Essentially three different methods of

testing for pressure integrity of both the high- and low-

pressure tubular assemblies were used. The first was a

"snoop" solution that looked for bubbles; the second in-

volved helium and the helium mass spectrometer; and

the third was a leak test console. A liquid snoop solution

was used in the clean room as a simple inspection tool.

Any leakage noted in this manner was immediately cor-

rected by the welding technique. After the assembly was

completed, it was delivered to an area serviced by a

helium mass spectrometer. A small portion of helium was

injected into the high-pressure system, and the valves

were exercised to allow the nitrogen and helium mixture

to circulate throughout the entire high- and low-pressure

tubular systems. A "sniffing" leakage test was then con-
ducted by the helium mass spectrometer.

No leakage above 30 cm'Vhr standard was permitted,

including all valve and seal leakages. After the assembly

was completed it was too large for a mass-spectrometer

leakage test, so the leak test console was used. This sys-

tem was basically a calibrated high-pressure storage tank
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contained in a test console with a differential pressure 
gauge. The technique was to balance the pressure of the 
small vessel contained within the console with the test 
pressure in the gas system. Usually, the gas system was 
already mounted onto the bus as a part of the overall 
Mariner Mars structure. After temperature stabilization 
was achieved, any leakage in the gas system would show 
up as a pressure differential. Figure 186 shows the leak 
test console. 

Fig. 186. leak test console 

2. Solar Pressure Vanes 

a. Description. The solar pressure vanes are movable 
control surfaces mounted at the tip of the solar panels. 
They were added to the spacecraft to conserve gas dur- 
ing the 8-month flight to Mars and to act as a partial 
backup in the event the gas system should fail. Briefly, 
the solar vanes accomplish three things: 

1. They shift the spacecraft center of solar pressure 
behind the spacecraft center of mass, which results 
in a statically stable configuration. 

2. They shift the center of solar pressure laterally 
aligning it directly behind the center of mass in the 
spacecraft null position. 

3. They produce spacecraft oscillation damping by 
providing a slight force in opposition to the space- 
craft velocity. 

Function 1 is accomplished when the vane first de- 
ploys from behind the solar panel. Function 2 is accom- 
plished by moving the vanes with stepping motors wired 

to the attitude control gas jets. Jet firings indicate 
that the direction of the center of pressure should be 
moved; the motors then step the vanes accordingly. 
Function 3 is accomplished by sensing the spacecraft 
attitude with respect to the Sun and moving the vanes 
through a small angle to damp spacecraft oscillation. 
Functions 2 and 3 are mechanized by the solar vane 
actuator. 

The structural portions of the solar pressure vane con- 
trol system are the solar pressure vane, latching mecha- 
nism, and vane deployment mechanism. The solar vane 
is attached to the deployment mechanism, which, in 
turn, is attached to the solar vane actuator at the end 
of each solar panel. The solar vanes are stowed against 
the back of the solar panels during launch and are held 
in place by the latching mechanism. The latching mecha- 
nism consists of an aluminum section to support the 
vane, a strap to hold the vane, and a spring-loaded pin 
to hold the loose end of the strap. A lanyard from the 
spring-loaded pin to the spacecraft bus holds the strap 
in the latched position. As the solar panels deploy, the 
lanyard effectively increases in length, releasing the strap 
allowing the vane to unfold and deploy to its cruise 
position. Deployment is accomplished by the use of a 
torsion spring with 11 in.-oz of torque and low-friction 
pivots. 

The vane consists of four aluminum tubes extending 
outward from a point. The outer tubes are spring-loaded 
to pull the co\-ering taut; the inner tubes merely “float” to 
support the covering in the middle sections. The cover- 
ing is 1-mil aluminized black mylar bonded to the frame- 
work. The vane is folded in a manner similar to a fan 
with radial pleats. Folding of the vane was deemed 
necessary as the result of a failure mode analysis. If the 
latching mechanism failed to function, a folded vane 
would not affect the thermal balance of the panel. 
Figure 187 shows the solar vane hardware mounted to 
the back side of the solar panel. 

b. Functional description. Figures 188 (a) and (b) 
show functional schematics that illustrate the operation 
of the solar pressure vanes. The spacecraft has four solar 
panels arranged symmetrically perpendicular to the Sun 
line. At the end of each solar panel is a \Tane capable of 
rotating about the end of the panel. The vanes are actu- 
ated by thermal actuators; Le., they produce an angular 
output proportional to a heat input. A Sun shade is fixed 
to each solar panel so that if a line perpendicular to the 
solar panels is not parallel to the Sun line, depending 
upon the direction to the Sun, more or less of a thermal 
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Fig. 187. Solar vane and hardware mounted to 
back side of solar panel 

Fl ( 0 )  TOP VIEW 

S U N  
L I N E  

( b )  SIDE V IEW 

C O N T R O L  
VANE 

S U N  S H A D E  

T H E R M A L  
ACT U A T 0  R 

CONTROL 
VANE z S BODY PAC E C R A F T 

GAS JET 

Fig. 188. Functional schematics of attitude 
control subsystem 

actuator is exposed to the Sun. The resulting heat trans- 
fer causes an angular rotation of the vanes about the 
end of the solar panel, which, in turn, causes a change 
in the solar torques on the spacecraft. These torques are 
used to control the pitch and yaw axes to maintain Sun- 
line attitude control. 

Figure 189 (a) shows a cross section through the cen- 
ter of the spacecraft, perpendicular to one of the control 
axes (pitch or yaw). Therefore, the angle 8, between the 
Sun line and the line perpendicular to the solar panels is 
the pitch (or yaw) error. Since the solar panels are 
in front of the CG of the spacecraft (i.e., toward the 
Sun), it is apparent that the spacecraft is basically un- 
stable. An angular error e, causes an unbalanced torque 
that tends to increase ea. The philosophy of the control 
system is that in the steady-state situation in Fig. 189 (b), 
the vanes must produce a stable spacecraft. As shown in 
Fig. 189 (a), vane angle ev is measured from the plane 
of the solar panels and is positive in a direction away 
from the Sun line. A certain combination of vane area, 
vane length, and positive vane angle are required to 
produce a stable spacecraft. 

If the spacecraft is given an impulse, it will oscillate 
in an undamped mode about the control axis since there 
is no damping. The vanes are used to provide damping 
by employing a positive feedback scheme. If the space- 

( 0 ) UNBALANCED S U N  
L I N E  

Fig. 189. Functional schematics of vane control 
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craft is in an oscillatory mode, the Sun shades will differ-

entially expose the thermal actuators to the Sun. These

are phased so as to reduce the restoring torque of the

spacecraft by rotating the vanes in the proper direction.

For the example in Fig. 189 (a), this would involve
decreasing 0vR and increasing 0_L. This means that the

return angular velocity of the spacecraft will be reduced,

thereby providing damping. The open-loop gain of the

centrol system must be less than one in order for the sys-
tem to be stable.

One very important aspect of the spacecraft is the fact

that it is not symmetrical as far as solar torques are
concerned. There are differential areas and reflectivities.

Consequently, it takes an unsymmetrical vane config-

uration to produce a stable spacecraft pointing at the

Sun. Therefore, it was desirable to have an adaptive

mode of operation that would change the vane angles

differentially in order to balance and stabilize the space-

craft. When the vanes reach the desired angles, they

will be nominal angles about which the vanes will oper-

ate to produce control system damping for any other
torque disturbances.

The adaptive mode uses a cold-gas mass expulsion sys-

tem with an optical sensor as the primary acquisition
system. This is similar to the Mariner II attitude control,

which used a switching amplifier to produce a deadband

for limit-cycle operation. The output of this switching

amplifier is used as input for the adaptive mode of the

solar torque control system. Whenever the switching

amplifier output indicates that the spacecraft is up

against one side of the deadband of the limit cycle, a

pulse is sent to an actuator to give the vanes a small step

change in direction to make the spacecraft move back to

null. Successive switches of the switching amplifier on
one side of the deadband then cause the vanes to null

out the unbalanced torque that is causing the switching.

When there is equal (i.e., alternate) switching on each

side of the deadband, the spacecraft is balanced, and

the damping provided by the thermal actuators will then

eliminate the limit cycling. There is probably a null off-

set due to the minimum size of the stepping-motor capa-

bility, but it is within the deadband of the switching
amplifier.

c. Design evolution. It was originally decided to use

¼-mil aluminized mylar reinforced with dacron thread
on 2-in. centers. The dacron thread was bonded to the

mylar with a special adhesive, and increased the resis-

tance to tear propagation in the event the mylar should

be torn either in panel deployment or by meteorites dur-

ing flight.

Since the vane was thermally isolated from the space-

craft, the expected temperatures of the vane covering

were between +250 and --350"F. Although the capa-
bilities of mylar were known, the dacron and adhesive

were placed in liquid helium (-452"F) to establish

their limitations. The mylar with adhesive and reinforc-

ing thread remained flexible at this temperature and no
bad effects were observed.

A special test was performed in the 2,5-ft simulator to

duplicate the high temperatures that might occur during

parking orbit conditions. The temperature of the vane

on the panel facing the Sun was sufficient (240"F) to
soften the adhesive and cause the folded vane to bond

together where the dacron thread had been placed. The
vane would not unfold after this test. It was decided to

eliminate the dacron thread and use a thicker gauge

mylar. It was found that 1-mil mylar had about the same
resistance to tear as the reinforced ¼-mil material. A

vane was covered with l-rot mylar and retested. In the

second test, the mylar itself softened and the same re-
suits were noted as before.

At that point, it was decided to cover the vane on the

panel pointed at the Sun during parking orbit with l-rail
teflon. In addition, the vane was folded so that the teflon

surface rather than the aluminized side faced outward;

the high-emissivity surface would reduce the vane tem-

perature. Testing of the vane indicated that it would open

properly. For the other three vanes, mylar was retained

because of the black back-side requirement imposed by

the Canopus sensor. The vanes, however, were folded
in the same manner as the teflon vane, with the high-

emissivity surface exposed. With this type of folding and

with their position on the spacecraft away from the Sun

during parking orbit, the maximum temperature ex-

pected was 200"F. Tests were again performed and no

problems were encountered with the vane opening.

With the change from a clamshell to a one-piece

shroud, the solar vane hardware was modified slightly

to increase the spacecraft-to-shroud clearance. The de-

ployment and the latching mechanisms were modified to

lower the vane approximately 1 in. Deployment tests
were then conducted to make certain the vane would

clear the solar panel rails as it deployed. Although it

cleared, it was marginal and a guide was incorporated

between the panel and the rail to prevent jamming.

The electromechanical actuator was designed so that

it would require multiple part failures in the control

before complete failure of the solar vane control would

result. To outwit the cold-welding that occurs in the
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hard vacuum of space, the control was designed to have

bearings, gears, potentiometer, and switch contacts pro-

tected from space vacuum. This was done by using

O-rings on all case junctions, closure plates, and output

shafts that would be exposed to space vacuum. A low

vapor pressure lubricant was used on the gears so that

if the O-ring seals did not hold, a long period would be

required to evaporate the lubricant.

The electronic driver used with the control is mounted

around the step servomotor to reduce interconnecting

lead length. The circuit used is a silicon-controlled

rectifier ring amplifier. A capacitor discharge into the

motor winding is used to step the motor, which allows

high energy into the motor when needed and low power

drain on a continuous basis. This averaging greatly re-

duces the continuous power demand upon the spacecraft

power source.

The switch assembly, mounted with the potentiometer,

limits the travel of the control angular output to 40 deg,

so that the television experiment, the wide angle planet

sensor, and the star sensor will not be masked by
the vane.

The basic design that evolved was simply a bimetal
element and shading arrangement. If the bimetal element

were partially shaded by a shade fixed to the spacecraft,

the amount of light and, thus, the bimetal temperature

would change with variations of spacecraft position.

Changes in the bimetal temperature cause the bimetal

tip to displace through a small angle. Thus, changes in

spacecraft position would also change the vane angle
through the actuator.

The bimetal equilibrium temperature is determined

by the conduction and radiation losses between the

bimetal and the spacecraft and also by the reradiation of

heat to surrounding space. To reduce the effect of con-

duction and radiation losses, it was decided to size the
bimetal and shades so that these losses would be an

order of magnitude less than the light energy coming
into the bimetal for the nominal case.

Since the total dynamic range for the thermal actuator

was to be approximately 5 deg, multiple shades were

selected rather than a single shade. With a single shade,
the change in energy to the bimetal element is small for

a given angular change unless the shade-bimetal separa-

tion is large. The multiple shades allow for large changes

in energy input for the same spacecraft angular

change, while keeping the bimetal-shade separation

small. A change in spacecraft angle of 5 deg with the

multiple shades causes bimetal illumination to change

from 0 to 50%. Although a change from 0 to 100%

illumination would be desirable, it is impossible to

achieve since the shade will always result in a partial

masking of the bimetal.

d. Fabrication. A template was first made to cut

mylar to the exact shape required. Next, frame guides

were attached to 3/4-in. plywood. The mylar was then

positioned on the plywood surface and taped down with

masking tape around the edges. The wrinkles in the

mylar were worked out by repeatedly going around

the edges and pulling the mylar and retaping. With this

completed, the framework was placed in the guides and

lowered into contact with the mylar.

The folding of the vane was accomplished fairly easily

by the use of heavy-paper folding templates. Since the

mylar had very little body, templates were made from

paper and folded in the configuration desired for the

vane. One template was then placed on each side of

the vane and the framework collapsed. The paper tem-

plates folded at the predetermined points and the mylar

followed, since it was sandwiched between the tem-

plates. Before the tubes were brought completely to-

gether, the templates were slipped out without disturbing

the mylar.

e. Testing. The vane hardware was subjected to both

TA and FA tests as well as several developmental tests.

The type-approval tests consisted of the shipping-

container vibration and drop test, the 12-day thermal-

vacuum test, and a complete series of vibration and

acoustic tests on the STM composite spacecraft. The

flight-acceptance tests included a vibration test on

the composite flight spacecraft.

3. Jet Vane Actuators

The thrust vector control is an assembly of four jet

vane actuators mounted upon a ring. This assembly is

placed upon the nozzle exhaust of the midcourse ma-

neuver rocket engine (with the vanes extended into the

flame) as the output control of the spacecraft autopilot.

This assembly corrects for errors in pitch, yaw, and roll

as commanded by the autopilot during the midcourse

firing of the rocket engine.

Each jet vane actuator consists of a dc torquer, a

potentiometer readout feedback to the autopilot, a sealed

case containing the atmosphere, and an output shaft with
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the vane mounted. There is no telemetry of the vane

position.

The dc torquer is a two-pole permanent magnet rotor

with a 200 f_, single-winding stator. There are no slip

rings or flexible leads. The angular operating range of

the torquer is ±26 deg about the center position. The
torquer exhibits an electrical time constant of 4.25 msec

to match it to the remainder of the autopflot.

The potentiometer is an infinite resolution conductive

plastic element with a resistance of 20 k_. The wiper

assembly is mounted on the actuator shaft with a slip

ring to carry the wiper signal to the connector. The

moment of inertia of the rotor, brush block, and shaft

is 8.95 g-cm 2.

The sealed-case housing uses an O-ring seal on the

output shaft with a low vapor pressure grease to assist

in sealing and to lubricate the O-ring. The sealed case

contains sufficient atmosphere to protect the actuator

bearings and potentiometer wiper from the effects of

space vacuum.

The actuator torque delivered has a slope of

0.0336 in.-oz/ma in both directions. The starting torque

to overcome the O-ring seal friction and potentiometer-

wiper friction has a maximum of 0.6 in.-oz, which indi-

cates that a current of nearly 18 ma is necessary to start

the actuator moving.

4. Gyro Control Assembly

a. Functional description. The purpose of the gyro

control assembly is to provide inertial rate and position

information to the spacecraft attitude control subsystem.

This information is used in damping the spacecraft

motion during acquisition or for steering during the

midcourse maneuver motor burn period.

Three modes of operation are possible within the gyro

control assembly. The first is a conventional rate mode.

Rebalance currents to the three gyro torquers are used

to develop voltages proportional to spacecraft turning

rates. This rate mode is used to damp spacecraft turns

during acquisition of the Sun or of Canopus.

In the second mode, the gyro gimbal is torqued by a

precision current for a controlled length of time. Motion

of the gyro gimbal produces an error signal to a switch-

ing amplifier in the attitude control subsystem. Gas is

then vented through the appropriate jets causing the

spacecraft to follow the gyro gimbal motion. In order to

allow a wider range of motion for the gyro input axis, a

large integrating capacitor is inserted into the rebalance

loop during this mode. This capacitor stores a voltage

proportional to the gimbal motion and allows greater
gyro input range to be obtained.

The third mode of operation is used to steer the space-

craft during the maneuver. The rebalance loop is the

same as mode 2 but the precision command current is

removed. Gyro output signals are then fed to the auto-

pilot and jet vane actuators to keep the spacecraft on

the correct heading during the motor burn period.

The overall operation of this three-gyro system is the

same as that of the Mariner Venus and Ranger systems

with one exception. In order to provide a backup mode

of operation in the event of a Canopus sensor failure, the

roll axis can be controlled through the radio command

system. The radio command will act upon the roll gyro

to provide an incremental roll capability.

The roll increment will be either a clockwise 2 deg or

a counterclockwise 2 deg depending on which command

is transmitted. Upon receipt of an initial roll--override

command, the roll gyro only will go to the integrate

mode. Subsequent commands will activate one of two

12-sec monostable (one-shot) multivibrators, which will

drive a relay in the precision command current gener-

ator. Torquing current will then go to the roll gyro pro-

ducing the same turning action described previously.
Another identical one-shot is used in the same manner

to generate the opposite sign command current.

b. Physical description. The gyro control assembly

consists of three major subassemblies. These units are

attached to one another mechanically and are electrically
mated and calibrated.

The first unit is the electronic package. It contains all

power supplies, rebalance amplifiers, precision command

current generator, and other miscellaneous electronics.
The unit is of welded-cordwood construction with each

of the subsections outlined above packaged into a small,

replaceable, welded, encapsulated module.

The 16 encapsulated modules are interconnected by

means of a single, three-level, multilayer printed circuit

board. Interconnecting straps are welded between nicked

riser pins on the multilayer board and similar pins ex-

tending from the base of the encapsulated modules.
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Three amplifiers are required for the gyro rebalance 
loops, one for each of the pitch, yaw, and roll gyro loops; 
all are identical in design and function. These three am- 
plifiers occupy six of the 16 encapsulated modules. 

The gyro package contains the three floated-rate inte- 
grating gyros. This unit also contains a number of relays, 
resistors, capacitors, and inductors associated with the 
gyros. 

In the integrating capacitor bank, 12 special tantalum 
capacitors, each of 1020 pf, are used to store the gyro 
gimbal motion. These capacitors, plus protective resis- 
tors, are encapsulated in this subassembly. 

The total weight of the three mated subassemblies is 
10.9 lb. Power consumption is on the order of 18 w. 

Figure 190 is a photograph of the complete assembly. 
The small cylindrical object on the top of the central 
gyro package is a running time meter used to indicate 
the total number of hours of gyro running time. This is 
a plug-in unit and is removed prior to final spacecraft 
installation. 

The gyroscope selected for use in this assembly is a 
miniature, floated-rate integrating type. The original ver- 

Fig. 190. Gyro control assembly 
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sion of the gyro was designed as a platform-stabilizing 
gyro and was intended to operate at a constant 180°F. 
Due to the fact that no power is available on the space- 
craft to heat the gyro to this temperature, a much lighter 
flotation fluid is used in the Mariner Mars version. This 
less-viscous fluid permits operation over a range of 85 to 
130"F, which is the temperature the gyro assumes due 
to heat from the spin motor. 

The gyro in its final form weighs 0.70 lb, requires 
3.2 w at 400 cps on the spin motor, and, with the large 
integrating capacitor used in the system, can store an 
input angle of 6 deg. Typical magnetic leakage fields 
were on the order of 2 to 3 7 at 3.5 ft. 

e. Design. Welded, encapsulated modular design was 
used in the Mariner Mars gyro electronics subassembly. 
In all past designs, the gyros were placed in one subas- 
sembly and the electronics in another. These subassem- 
blies were then interconnected by means of the regular 
case harness. In the Mariner Mars approach, the pack- 
ages are tied together by means of through bolts and all 
interface connections are kept within the assembly. A 
single external interface connector is brought out to the 
attitude control subsystem and one small test connector 
is also provided. 

Once the prototype system was designed and built, 
the only changes introduced were to encapsulate the 
interface connectors on their back sides in order to re- 
duce wire motion during vibration and to cement the 
electronic modules to the subchassis to increase their 
rigidity under conditions of high vibration and shock. 

d. Testing. A typical test program on each gyro in- 
volved an average of 30 runs of heading test data and 
6 runs of tumble-table testing prior to acceptance of the 
gyro for use in a flight system. Between 50 and 60 hr of 
motor running time were involved in this preacceptance 
stage. Four major parameters were determined from 
these tests. These were torquer scale factor, non- 
acceleration-sensitive drift rates, spin-axis mass unbal- 
ance, and input-axis mass unbalance. 

The electronic subassembly was checked by the ven- 
dor at several stages of assembly. First, each module was 
tested prior to encapsulation at 0, 25 and 70°C,  and 
again after encapsulation at the same temperatures. The 
modules were assembled to the subchassis structure and 
the procedure repeated again. 
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The special tantalum integrating capacitors were test-

ed for both leakage and capacity. The bank of four

capacitors required for each channel of the system was

made up of selected units matched for capacity in such

a manner that each half section was within 3% of the

other half section. A special semiautomatic leakage

tester was designed to increase the accuracy of the

leakage-current measurement. Repeated leakage checks

were made after assembly of the capacitor bank and a

careful watch was kept on trends from that time on.

After all three subassemblies were declared satisfac-

tory on an individual basis, they were brought together

and mated, both electrically and mechanically. Testing

was then started on an assembly level for the same pa-

rameters mentioned before as well as an extended period

of commanded ham-rate calibration using a servo table.

Due to the fact that no gyro temperature control was

permitted on the spacecraft, it was necessary to calibrate

the commanded turn rates at four different temperatures

around the expected nominal value.

The gyro control assembly was subjected to all en-
vironmental tests, such as vibration and thermal-vacuum,

while in the same spacecraft case structure as the atti-
tude control subsystem, in order to obtain conditions

as similar to actual flight environments as possible. Test

data taken before environmental tests were compared

with similar data taken after environmental exposure to
observe the total effect of the environmental test series.

After successfully passing all the tests, the gyro con-

trol assembly was delivered to the spacecraft assembly

facility for final visual and mechanical inspection and

installed in the spacecraft. Prior to shipment of the

spacecraft to Cape Kennedy, the gyro control assembly

was removed and sent to the gyro laboratory for a final

check. After the final tests, the gyro assembly was hand-
carried to Cape Kennedy on commercial aircraft, since

it was somewhat susceptible to the prolonged low-

frequency vibration and angular rates usually experi-

enced in truck transportation.

A final brief test was performed after arrival at the

Cape using identical test equipment in a small inertial

sensor laboratory at the Cape spacecraft checkout facil-

ity. The gyro control assembly was then installed in the
spacecraft for the last time.

As a result of this extensive test program, a number

of defects and anomalies were discovered. During TA

vibration, several module interconnecting ribbons broke

because of an improper module-attaching scheme. This

was a true catastrophic failure, but the gyro remained

undamaged. (A minor redesign corrected the problem.)

The serious condition of gyro contamination was brought

to light during the single gyro acceptance test phase.

Later, one of the gyros that had been reworked for

contamination was found to have developed a short on

the pick-off output; this was caused by a small solder
ball trapped under a feedthrough terminal. Three cases

of anomalous behavior of gyros were found. In one case

it was noise on the output, in another it was an inability

to pass the cogging test for fixed drifts with one set of

electronics while working correctly with another, and
in the last case it was a matter of erratic behavior. In

each case additional tests of these gyros failed to disclose

the cause of the anomaly. The gyros were set aside and

used in nonflight spare gyro control assembly subsystems.

Life testing of the TA subsystem showed that the

gyros are capable of running throughout the entire

mission without significant deterioration.

E. Flight Performance of the Mariner IV Attitude

Control Subsystem

1. Initial Sun Acquisition

When separation of the spacecraft from the second

stage occurred, the spacecraft was in the Earth's shadow.

In the shadow, there are no Sun-sensor error signals,

but the three single-degree-of-freedom gyros about each

spacecraft axis sense the tumbling of the spacecraft and

turn on the control jets until the rates are reduced to

within the deadband of the switching amplifier. This

rate deadband is ___1.27 mrad/sec in pitch and yaw

and +__0.33 mrad/sec in roll. When the spacecraft was

first observed in the shadow, the rates were already

within the deadband, indicating that the separation rates

were very low. The actual time of exit from the Earth's

shadow took place at 15:17:35 GMT, but Sun-sensor
signals were first noted at 15:15:36 GMT due to the

refraction of sunlight through the Earth's atmosphere.

When the spacecraft was completely in the sunlight,

the pitch error was seen to be equal to --1.0 deg, and,

for all practical purposes, the pitch axis had acquired

the Sun. The yaw Sun sensors were saturated and had

established a rate determined by this saturation equal

to -2.2 mrad/sec (-0.126 deg/sec). The yaw sensors

came out of saturation at 15:29:56 GMT at an angle of

+ 11.5 deg. This would indicate that, at the start of yaw

acquisition, the yaw angle was about + 106 deg.
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A Sun-gate event occurred at 15:30:59 GMT. This

indicated that the Sun-gate cone-angle field of view

was 2.2 deg, which was within the design tolerance.

The Sun gate initiated the magnetometer calibration

spin as required. A search signal was switched into the

roll-axis control system, and the spacecraft accelerated

to a rate of -3.55 mrad/sec (-0.203 deg/sec), which

was the design nominal.

During the magnetometer spin mode, the pitch and

yaw errors were observed to limit cycle against one side

of the deadband. The pitch axis stayed at + 8.7 mrad/edge

and yaw at -8.5 mrad/edge. This was as expected and

was due to cross-coupling from the cross products of
inertia.

2. Star Acquisition

a. Star identification procedure. Before the flight, it

was felt that star identification would be a major prob-

lem. This was derived from the fact that the only

information from the star sensor, other than an error

signal, is a brightness measurement and the cone angle

of an object within ±5 deg. The absolute calibration

of the star sensor for all the stars in the sky is not known

and the problem is further complicated by the bright-

ness signal, including the integrated background of stars

in the field. But, during the roll-search mode, the

sensor makes good relative measurements of the star

and background brightness. This information is basic to

the star-identification procedure.

A map-matching technique was developed to identify

objects seen by the star sensor during the roll-search

mode. As an aid to establishing the map-matching

technique, other corroborating information was used
for initial acquisition. This included (1) a fixed, wide-

angle (26 × 83 deg) field-of-view Earth detector to

provide an output if Canopus were in the star sensor; (2)

magnetometer information obtained during the calibra-

tion mode for rate and position information; and (3) low-
gain antenna pattem variations to provide rate and

position information. The magnetometer and antenna

information was very crude and could only be used with

a low weighting function on its corroboration.

Fundamental to the matching was an a priori telem-

etry map of sensor brightness output versus clock angle

(angle about the Sun line measured from Canopus).
A reasonably sophisticated mathematical model of the

star sensor and the sky, including the Milky Way, was

developed so that with trajectory information an IBM

7094 program printed a map of the expected telemetry

output of the brightness channel seen during roll search.

This, then, would be matched with an actual telemetry

map to identify observed objects.

Initially, an extensive computer program was devised

to process the telemetry data to produce the actual

telemetry map. This was statistically correlated with the

a priori map, Earth-detector output, magnetometer data,

and low-gain antenna data. Whenever an object was

acquired subsequent to a roll search, a calculation was

made of the probability that each acquirable object had

been acquired. If the object was not Canopus, roll over-
ride would institute another roll search, and another

computer run was made until Canopus was identified

as acquired.

The computerized version of the map matching was

necessary because of the lack of knowledge of the sensor

response to innumerable objects and the integrated

background that would be seen by the sensor. Until the

sensor could actually be calibrated in flight, the un-

certainties required that the best possible analysis tech-

niques be prepared beforehand.

In addition to the computerized star-identification

program, a second map-matching technique was de-

veloped and implemented during the flight, which was

much simpler but required actual flight experience to

prove reliability. A continuous strip chart recorder was

employed to plot in real time the star-sensor brightness

telemetry. An a priori map, derived from the computer

program, was transcribed on a transparent overlay to
the same scale as the real-time telemetry plot so that

they could be instantaneously compared during the roll

search. The process turned out to be surprisingly good

and became the primary technique for star identification;

it was quite accurate and the fastest possible way of

identifying objects.

b. First star acquisition. Initial roll acquisition was

commanded by the CC&S to take place at 06:59:00 GMT

on day 334 (November 29). Just prior to this command

(CC&S L-3), the spacecraft was in the magnetometer

calibration mode, rolling at a rate of -3.55 mrad/sec

(-0.203 deg/sec). At the roll-acquisition command, the

search command signal was switched in and the roll rate
was reduced to -2.35 mrad/sec (-0.135 deg/sec),

which, as would be expected, is the upper edge of the
deadband about the nominal search rate. An acquisition

occurred at 07:07:47 GMT. At that point, Earth-light re-

flections on the star sensor optics caused a bright enough
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background, along with a spurious error signal, to cause

the acquisition logic to discontinue the roll search. Even

though there was no acquirable object, a logic acquisi-

tion had been effected. The clock angle at that point

was about 129 deg.

Even though the logic circuitry was satisfied, there

was no real error signal and the roll axis was essentially

in a drift mode with the jets firing at random because of

background noise. It turned out that the cumulative

action was to cause the spacecraft to drift primarily in a

direction of increasing clock angle. At some unknown

time during the drift, the star Aldermin was acquired at

a clock angle of 171 deg after the spacecraft had drifted

about 42 deg. Aldermin is about 0.05 times as bright as

Canopus, with a bright background, and the error signals

were too noisy to determine the time of acquisition.

At 13:12:34 GMT on the day following launch, the

spacecraft went into an automatic roll search. The loss

of roll acquisition was the first of a series of losses of

acquisition that eventually were realized to be caused by

minute particles floating by and reflecting light into the

sensor. At 13:26:15 GMT, after 13 min and 41 see of roll

search, the star Regulus was acquired at a clock angle

of 278 deg. Lock was maintained on Regulus, since

Canopus acquisition was not necessary to the mission at
that time.

At 09:13:47 GMT on day 335 (November 30), DC-21

(roll override) was initiated and the star Naos was ac-

quired at 09:20:56 GMT at a clock angle of 338 deg.

Another DC-21 caused Velorum to be acquired at a

clock angle of 343 deg at 10:46:00 GMT. Finally,

Canopus was acquired by a DC-21 initiated at 10:57:57
and lock was obtained at 10:59:38 GMT.

3. Solar Vane Acquisition

Since the solar panels are on the side of the bus

toward the Sun, a situation exists in which the solar

force will try to flip the spacecraft around ff the roll

axis does not point precisely at the Sun. The solar vanes

are mounted on the ends of the solar panels at a nominal

angle of 35 deg from the plane of the solar panels, away

from the Sun. This puts the center of pressure behind

the center of gravity, and if the roll axis does not point

at the Sun, there is a restoring torque to bring it back.

On Mariner/V, it was seen that, at their initial deploy-

ment, the solar vanes were far past their nominal position

of 35 deg away from the plane of the solar panels. They

were deployed to the following positions:

Vane Position

+X 21 deg

-X 15 deg

+Y 17 deg

-Y 11 deg

The cause for the failure to deploy properly was deter-

mined to be due to the fact that the deployment tests

conducted before the flight had an unsuspected source

of friction that damped the deployment motion. This

friction was not present in space.

In spite of the overtravel on the vane deployment, the

center of pressure is behind the center of gravity, and

there is a net restoring torque of about 1.1 dyne-cm/deg

about the pitch axis and 1.7 dyne-cm/deg about the yaw

axis.

Stepping motor actuators were employed to move the
vanes about their nominal deployment angle to cancel

out unbalanced torques on the spacecraft. The vane actu-

ators will step 0.01 deg each time the switching ampli-

fier pulses a jet. If a clockwise jet fires, the vanes move

counterclockwise to reduce the torque that caused the

clockwise jet to fire. In this manner, the difference in

the clockwise and counterclockwise pulses causes the

vanes to gradually counterbalance the unbalanced

torques.

On Mariner/V, even though the vanes were deployed

incorrectly and their torque-to-angular motion gain was
reduced, the +X and -X vanes, which control the yaw

axis, actually did compensate for an unbalanced torque

that appeared to be due mainly to the high-gain antenna.

However, the + Y and -Y vanes have not been working

in the torque-balancing mode. This is undoubtedly due

to the fact that they are in a failure mode of electrical

lock-up. The design of the stepping motors is such that

ff a valve is fired during the first 30 msec from the time

the stepping motors are activated, the actuators will lock

up permanently. Since the actuators were turned on

coincidently with the start of the roll search, it is very

likely that a valve fired during the first 30 msec of
actuator turn-on.
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One of the first things that became apparent about

the disturbance torques on the spacecraft was the fact

that they are not constant. The unbalanced torque

about the yaw axis was reduced from about 25 dyne-cm

to about 5 dyne-cm, but at that level the torques con-

tinually varied. In fact, the torques varied by 1 or

2 dyne-cm from one limit cycle to the next. Over longer

periods of time (i.e., several days), they would vary as

much as 5 to 10 dyne-cm. In the adaptive mode about

the yaw axis, the stepping motor actuators have fol-
lowed these variations and have been seen to reverse

direction. It is impossible for the thermal control bimetal

actuators to damp out the limit cycle, since this is com-

pletely beyond their capability. In fact, it is also very

difficult to tell if they are even working. The maximum

restoring torque of the spacecraft vane system over the

l_-deg limit cycle is 0.85 dyne-cm, and the vane damp-

ing torque is 0.30 dyne-cm. Since the disturbance torques

will change from one cycle to the next as much as

2.0 dyne-cm, it is very difficult to separate the effect of

disturbance torques from that of vane torques.

These varying disturbance torques are obviously not

solar torques. In an effort to explain them, three causes

have been postulated:

1. Variation in solar wind, which, having different

momentum transfer properties than photons, would

cause variable torques

2. Outgassing from the spacecraft

3. Normal attitude control valve leakage

Inquiry revealed that the force level of the solar wind is

insignificant except for occasional activity separated by

many months. The outgassing forces are unknown, but

it would not seem, from a qualitative point of view, that

they would cause such variable activity.

A calculation was made of the forces due to normal

valve leakage, which was measured during tests to be an

average of 3.0 cm3/hr per valve at standard conditions.

Assuming that nominal gas laws apply at this condi-

tion, the torque was calculated to be 16 dyne-cm per

valve. There are four valves per axis (two clockwise and

two counterclockwise). It has been observed in testing

that the leakage will vary for each valve actuation even

though it averages out over a period of time. It seems

apparent, then, that the valve leakage can explain the

variation in the disturbance torques, especially the

changes that occur from one valve actuation to the next.

4. First Midcourse Maneuver Sequence

The start of the midcourse maneuver sequence (initia-

tion of DC-27) took place at 14:35:00 GMT on day 339

(December 4). This command turned on the gyros for

warmup 1 hr prior to the start of the commanded turns.

At 14:35:47 GMT, the gyros came on and started to spin

up. The spin up of the gyros caused a disturbance in the

attitude control subsystem, and the pitch, yaw, and roll

error signals were driven over to one side of the dead-

band. The roll channel started limit cycling against the

negative side of the deadband with an angular excursion
of one data number, which is a resolution of 0.41 mrad.

After 49.3 sec of operation (eleven frames of data), a

large transient was observed (4.2 sec later), which

showed the spacecraft going into automatic roll search

that continued until Earth-light reflections caused an

acquisition to occur at 14:52:32 GMT at a clock angle

of about 90 deg.

The fact that the roll error signal was forced to one

side of the deadband by the gyro spinup was a com-

pletely expected, normal event. The gyro turn-on was
timed to be most favorable in direction and position

within the deadband to compensate for spinup reaction.

The huge transient in the roll channel and subsequent

loss of acquisition was catastrophic to the initiation of
the maneuver and caused it to be aborted and postponed

for one day. The one sample of roll error of -16.0 mrad

is impossible to explain by actual spacecraft motion,

because the impulse required would be catastrophic and

would have been observed in the pitch and yaw channels

and on the roll gyro. It appears that the signal was an
electrical transient of some kind.

In view of the experience and analysis in connection

with the loss of star acquisition in general, which gener-

ated the minute particle theory as the cause of losses of

acquisition, it seems that the loss of Canopus at the

initiation of midcourse falls into the same category. It is

postulated that the time correlation of gyro warmup to

subsequent loss of acquisition was due to the gyro start-

ing transient shaking loose particles from the solar

panels, and these particles were then driven past the

star sensor by solar pressure or by spacecraft static

charge. An instantaneous bright flash would cause a high

gate violation and a false error signal. Since the resolu-

tion of events in this mode is 4.2 sec, it is possible to miss

getting a sample of the flash in the brightness channel.

The performance of the spacecraft at initiation of gyro

warmup, prior to the start of the second and successful
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midcourse sequence, was identical to the first except for
the loss of acquisition.

5. Second Mideourse Maneuver Sequence

The start of the second and successful midcourse ma-

neuver sequence took place with the initiation of DC-27

at 14:25:13 GMT on day 340 (December 5). The gyros

came on and the gyro spinup caused the roll limit cycle

to stay on the negative side of the deadband, as in the

first maneuver try. After the gyros were up to speed,
the roll limit cycle was normal.

The maneuver consisted of a pitch turn of -39.16 deg

and a roll turn of + 156.07 deg. The pitch-turn starting

transient was seen at 15:26:12 and the stopping transient
at 15:28:54 GMT. The start-roll transient was at 15:47:10

and the stopping transient at 16:01:19 GMT. The turns

were correct in every respect. The amount of overshoot

in the rate plus position measurement seen during the

starting and stopping transients was seen to be within

the tolerances expected for the given control system

acceleration of 0.45 mrad/sec. This is the only good con-

firmation available of the steady-state operation of the
gas jets.

The start of motor burn was at 16:09:10 and motor

burn stopped at 16:09:30 GMT. The action of the auto-

pilot during this time is discussed in a separate section.

Sun reacqnisition was commanded by the CC&S at

16:15:10 GMT. Since the pitch turn was of such a small

magnitude, the Sun reacquisition was quick, taking place
at 16:21:07. Again the Sun-gate field of view was seen to

be 2.2 deg.

The Sun-gate event started roll search for Canopus
and the first star acquired was Velorum at 16:44:36 at a

cone angle of 342.8 deg. Roll override was initiated at

16:52:50, and Canopus was acquired at 16:55:00 when
regular roll control was established.

6. Autopilot Performance

The midcourse maneuver was initiated at 14:25:13 on

day 340 (December 5) with gyro warmup. At 15:25:12,

the attitude control subsystem was switched to inertial
mode and the commanded turns were started. The turn

angles include a vernier adjustment in pitch and roll to

compensate for a known CG misalignment error. The

action of the autopilot under the known CG misalign-

ment rotates the thrust vector to the proper direction in
inertial space.

A vernier adjustment was also made to the motor burn

time to compensate for jet vane drag. The compensation

was based on the predicted initial conditions to the auto-

pilot from the attitude control subsystem. On the basis

of the commanded turn angles, it was expected that solar

torques would keep both pitch and yaw angular posi-

tions held against the negative side of the attitude con-

trol deadband. This initial angular offset causes the

autopilot to drive the jet vanes hard-over, which pro-

duces 6-1bf drag. The integral of the drag force over

the transient period following motor ignition provides the

magnitude of the motor burn time correction. The actual

position of the spacecraft in the pitch and yaw attitude

control deadband was exactly as predicted.

The midcourse rocket was ignited at 16:09:09.6 and

burned for 20.4 see. Four data points on the gyro signals

were received during the motor burn period. Although

this did not provide enough data for a thorough analysis,

three events of significance appear to fit the observed

points: (1) the first data point after motor ignition indi-

cates a transient overshoot in pitch and yaw (this would

be expected from the known, initial conditions on the

autopilot); (2) for the remaining three points during

the bum period, pitch and yaw maintained an equal and

opposite offset, indicating a CG misalignment angle of

approximately 2.2 mrad or 0.064 in.; and (3) a very slow

motion in the roll channel may have been a low-

amplitude limit cycle due to friction in the jet vane

actuators. (This limit cycle is theoretically predictable

and has been observed in analog computer simulations,

but has not been observed in previous spacecraft because

of insufficient data during the midcourse maneuvers.)

The entire midcourse maneuver and the performance

of all subsystems was very satisfactory. Tracking data

have verified that the Mariner IV midcourse was very
accurate.

7. Cruise Pedormance

The most noteworthy observation made during the

attitude control cruise portion of the flight was the fact

that transients in the roll control system caused the

spacecraft to go into the automatic roll-search sequence.

In some cases, a brightness transient was associated with
the roll error transient. Five of the roll transients were

noted in the first ten days of flight.

After lengthy analysis and simulation, it was deter-

mined that the most likely and probable cause of the

roll transients was that minute, bright particles were
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floating by the Canopus sensor and causing brightness
transients that exceeded the upper brightness gate limits

of the sensor. If the error signal in the sensor was nega-

five, reacquisition would immediately take place; other-

wise, the automatic roll search would take place. A flat

specular particle of 0.005-in. diameter would give a

brightness indication to the upper gate level (8 times

Canopus) at a distance of 2500 ft from the sensor. The

bright flashes are of short duration and the telemetry

resolution is not good enough to sample them very

frequently.

An investigation was performed to locate a possible

mechanism for the generation of particles. It was discov-

ered that extremely small meteoroids (approximately

10 -3 grams) impacting the spacecraft could cause the

release of dust and lint in frequency of occurrence in

the range to explain the observations.

It was recommended that DC-15 be used because it

would remove the high gate from the control system

logic circuitry. This was done at 17:30:00 on day 352

(December 17). Up to that time the use of DC-15 had

been very successful. Many roll transients have been ob-

served, but none has caused a loss of acquisition. There

seems to be little danger that a particle will cause the

sensor to lose Canopus because the bright flashes from
the sensor are of such short duration.

In the limit-cycle operation of the control system, the

limit-cycle rates are determined by a minimum rate

increment established by a minimum on-time circuit.

The design goal for the rate increment was 9.0 t_rad/sec.

In the pitch and yaw systems, the minimum rate incre-

ment turned out to be 18.4/_rad/sec, and 14.0 ttrad/sec

in roll. The reason for this is still being investigated. It
should be noted, however, that the effect on the cruise

gas consumption is negligible due to the large reserve
available.

The rate of gas consumption being used during the

cruise mode is 3.76 × 10 -3 lb per day ± 10%.
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XIII. SPACECRAFT SUBSYSTEMS: PROPULSION

In conjunction with the Spacecraft Development
Program, JPL developed a two-start 50-1b-thrust mono-

propellant hydrazine propulsion system for use on the

spacecraft as a trajectory correction and maneuver
rocket.

As designed for the Mariner Mars 1964 mission, this

propulsion system was to remove or reduce the

Atlas/Agena launch injection dispersion errors so that a

Mars flyby with a sufficiently small miss distance could

be reasonably assured. Nominally, this function was

to be performed during a single spacecraft midcourse

maneuver (occurring approximately 4 to 10 days after

launch), at which time the spacecraft would be directed

to turn to a prescribed position in space and impart a

corrective impulse via the postinjection propulsion sys-

tem. A second propulsion system firing was available to

further refine the trajectory. If the second maneuver

were not required for spacecraft trajectory correction,

it was requested that, mission so allowing, a restart

experiment be performed subsequent to planetary en-
counter and playback of encounter scientific data. The

purpose of the experiment was to demonstrate propul-

sion system long-term space-storage capability, restart

capability after prolonged storage in space, and system
reliability.

A. Subsystem Description

The propulsion subsystem used a liquid monopropel-

lant anhydrous hydrazine as the propellant, and nomi-
nally developed a 50-1b vacuum thrust and 236 lbf-sec/lbm

vacuum specific impulse (without jet vanes). It was func-
tionally a regulated-gas, pressure-fed, constant-thrnst

rocket. Principal system components consisted of a high-

pressure gas reservoir, a pneumatic pressure regulator, a

propellant tank and propellant bladder, an ignition reser-

voir, explosive valves for start and shutoff functions, and

a rocket engine. The rocket engine contained a quantity

of catalyst to accelerate the decomposition of the hydra-

zine. Four jet vanes were located at the exit plane of the

nozzle and were used to provide spacecraft roll, yaw,

and pitch control during engine burn. A schematic of

the system is shown in Fig. 191, and a flight-type system
is shown in Fig. 192.

The design and operational philosophy of the system

shown in Fig. 191 was directed toward maximizing sys-

tem reliability and reproducibility, minimizing preflight

handling and spacecraft interactions, minimizing inflight

electrical signals and sequencing, and minimizing the

number of system components.

The system concept shown in Fig. 191 was predicated

on the basis that it satisfy the requirements for long term

storage (maximum of 250 days) and multiple-starts

(maximum of two) imposed by the mission. In order to

better fulfill the long-term storage requirements, pres-

surization by gaseous nitrogen was used in lieu of gas-

eous helium, which is more prone to leakage. In a like

manner, welded and brazed tubing and fittings were

used wherever possible to minimize the number of po-

tential leak sources. Also, metal seals were used (where

welding and brazing were impractical) in place of elas-

tomeric seals to alleviate the effects of radiation, hard

vacuum, and long-term storage on the critical system

seals. Multiple start capability was realized by the inclu-

sion of "ganged" explosive valves with two parallel

branches of normally closed (start)/normally open (shut-
off) valve groups in the nitrogen and fuel circuits, and

two normally closed valves in parallel in the oxidizer

circuit. Individual start cartridges (15 cm 8 of N_O4 each)

were used for each of the two starts; both cartridges

were pressurized by a common source. The propulsion

system could be fueled, pressurized, and monitored for

several weeks prior to placement within the spacecraft

and actual launch. The system in the pressurized and
fueled condition was safe for personnel to work around

over the temperature extreme of 35 to 125"F (burst pres-

sures of the pressure vessels were a factor of 2.2 greater

than maximum working pressures at 125"F). No space-

craft umbilicals or hardlines are required to maintain the

propulsion system in the "ready" condition. The firing of

the postinjection propulsion system was controlled by the

CC&S, which received the time, direction, and duration

of the midcourse firing through the ground-to-spacecraft

communication link. After the spacecraft had assumed

the correct firing attitude, the postinjection propulsion

system was ignited (at the prescribed time) through an
electrical signal that was originated in the CC&S. Inas-

much as the propellant tank was pre-pressurized, the

rocket engine ignition could occur concurrently with

the release of the high-pressure nitrogen to the regulator

without allowing time for the propellant tank pressures
to build up to the normal operating level. Thrust termi-

nation was controlled by the CC&S via an electrical sig-

nal once the specified (commanded) burning time had

been realized(as determined by the spacecraft timer).
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COMPONENTS

No. DESCRIPTION

I ROCKET ENGINE

2 N 2 FILL VALVE, IGNITION CARTRIDGE

3 N2 RESERVOIR, IGNITION CARTRIDGE

4 OXIDIZER VALVE, START I

5 OXIDIZER VALVE, START 2

6 OXIDIZER RESERVOIR, IGNITION CARTRIDGE

7 CHECK VALVE

8 NITROGEN TANK

9 OXIDIZER FILL VALVE I, IGNITION CARTRIDGE

I0 OXIDIZER FILL VALVE 2, IGNITION CARTRIDGE

II PROPELLANT VALVE, START I

12 PROPELLANT VALVE, START 2

13 PROPELLANT VALVE, SHUTOFF I

14 PROPELLANT VALVE, SHUTOFF 2

15 FILL VALVE, PROPELLANT

16 PROPELLANT BLADDER

17 PROPELLANT TANK

18 PREPRESSURIZATION VALVE, NITROGEN

19 FILL VALVE, NITROGEN TANK

20 PRESSURE REGULATOR, NITROGEN

21 NITROGEN FILTER

22 NITROGEN VALVE, START I

25 NITROGEN VALVE, START 2

24 NITROGEN VALVE, SHUTOFF I

25 NITROGEN VALVE, SHUTOFF 2

TWO-WAY VALVE, EXPLOSIVELY
OPERAT ED, NORMALLY OPEN

[_ TWO-WAY VALVE, EXPLOSIVELYOPERATED, NORMALLY CLOSED

ANGLE VALVE, MANUALLY
OPERATED

CHECK VALVE

FILTER

[_ PRESET REGULATOR

COMPONENT NUMBERS

INSTRUMENTAT ION NUMBERS

INSTRUMENTATION

PRESSURE TRANSDUCERS

NITROGEN TANK

(_ PROPELLANT TANK

THRUST CHAMBER

IGNITION CARTRIDGE
N2 RESERVOIR

TEMPERATURE TRANSDUCERS

PROPELLANT

NITROGEN TANK

NOTE=

EVENT REGISTER DATA (BLIP DATA)
ON EXPLOSIVE VALVE START AND
SHUTOFF CURRENT

Fig. 191. Postinjection propulsion system schematic
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Fig. 192. Postinjection propulsion system 

During the rocket engine firing, spacecraft attitcde was 
maintained by the autopilot-controlled jet vane actua- 
tors. Referencing Fig. 191, the specific sequence of 
events for the propulsion system for each engine ignition 
and shutoff was: 

1. At the command signal from the CC&S to ignite the 
en ine, normally closed explosively actuated valves 
@J4 or G5, Q 4  or @;, and@ o r @  
were activated allowing regulated nitrogen pressur- 
ization of the propellant tank, propellant flow to 
the rocket engine, and injection of a small quantity 
of nitrogen tetroxide to the rocket engine. 

2. Hypergolic ignition ensues, followed by continuous 
catalytic monopropellant decomposition of the an- 
hydrous hydrazine. 

3. At the command signal from the CC&S to termi- 
nate rocket thrust, normally open explosii.ely actu- 
ated valves 8 6  or @J7, and aG or were 

‘First start  
‘Second start 
‘First shut-off 
‘Second shut -off 

activated, terminating propellant flow to the rocket 
engine and positively isolating the remaining pres- 
sure in the nitrogen sphere from the propellant tank. 

The following design requirements for the postin- 
jection propulsion system were a result of spacecraft 
physical and operational restraints, Agena D injection 
guidance accuracies, ground and inflight environment 
conditions, propulsion system characteristics, and the 
requirements imposed on the spacecraft design character- 
istics and restraints: 

1. The unit had to be capable of imparting to a 
600-lb spacecraft a maximum velocity increment 
of 60 m/sec, for fulfillment of maximum expected 
midcourse maneuver requirements. 

2. The propulsion system had to be capable of deliv- 
ering a minimum midcourse correction velocity 
increment of 0.100 m/sec to a 600-lb spacecraft. 

3. The propulsion system had to be capable of a total 
of two ignitions and thrust terminations with a 
minimum duration of 4 hr between consecutive 
engine firings. 

4. The unit had to ignite and operate in a vacuum 
environment. 

5. The unit had to undergo ignition in a gravitationless 
environment. 

6. The preflight-to-launch ambient temperature range 
of the propulsion system had to be 35 to 125°F. 

7 .  The propulsion system temperature limits from time 
of launch up through the termination of the flight 
had to be 35 to 125°F. 

S. The unit had to be capable of vacuum-environment 
storage in excess of 250 days without causing any 
deleterious effects on the spacecraft attitude con- 
trol or performance. 

9. The rocket engine noniinal steady-state vacuum 
thrust, with the four jet vanes deflected through 
10 deg,had to be no greater than 52.5 Ib and no 
less than 47.5 Ib. 

10. The vacuum specific impulse upon which propel- 
lant load and velocity increment capability were to 
be determined had to be 232.7 Ibf-sec/lbm; this 
value corresponded, approximately, to the rocket- 
engine vacuum thrust with all four jets vanes de- 
flected through 10 deg. 

11. The propulsion system had to be capable of pro- 
viding variable total impulse for fulfillment of 
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velocity increment requirements ranging from 0.1

to 60 m/see; total impulse control was to be pro-

vided by a spacecraft timer that controls the engine

burn time. The engine total impulse and velocity

increment were to be predictable to approximately

the 1 _ accuracies shown in Fig. 193.

_U 24

ta_

OJ (12 04 0.6 I 2 4 6 I0 20 40 60 I00

VELOCITY INCREMENT, m/sec

Fig. 193. One-sigma velocity increment percent error vs

velocity increment

12.

13.

14.

15.

Thrust vector control was to be provided by four

jet vanes, each capable of producing approximately

2.4 lb of lift in the fully deflected position. The

radial distance from the rocket engine center line

to the center of pressure of each jet vane was to be

approximately 1.08 in.

The propulsion system thrust chamber and nominal
thrust vector were to be located normal to the

spacecraft roll axis and coincident with the pre-

dicted spacecraft center of gravity. To permit

adjustment capability of the thrust vector, the pro-

pulsion system was to be adjustable within a 1-in.-

diameter circle; and, through the use of separate

propulsion system-spacecraft mounting structures,

the propulsion system and thrust vector were to be

capable of being tilted -+-2.0 deg along the space-
craft roll axis.

The effective engine thrust vector was to be pre-

dictable to within ±0.2 deg of the geometrical

engine center line measured at a plane passing

through the throat of the engine.

Three simultaneous dual-bridgewire squib firings

were required for each engine ignition (total of two

16.

ignitions), and two simultaneous dual-bridgewire

squib firings were required for each engine thrust

termination (total of two thrust terminations). The

required minimum time between ignition (start)

squib firings and thrust termination (shutoff) squib

firings was 50 msee.

The propulsion system, in the fueled and pressur-

ized condition, had to be safe for personnel to work

around at temperatures up to 125" F.

B. Spacecraft Weight and CG Determination, and

P | PS Positioning

The mass of the spacecraft must be accurately known

to establish proper injection performance and midcourse

propulsion burn times. The CG position must be accu-

rately known so that the mideourse propulsion system

thrust vector may be aligned to eliminate offset torques.

Alignment of the motor's thrust axis was accomplished
by adjusting the position of the motor relative to the

spacecraft structure. If known CG shifts occur after final

motor positioning, corrections to maneuver turns may be

made to account for these shifts. This correction capa-

bility by the method of vernier adjustments is discussed
below.

1. Propulsion System Alignment

The propulsion system is mounted to the spacecraft by
means of a substructure. The functions of the substruc-

ture are twofold: (1) to provide sufficient structural sup-

port for the motor, and (2) to adjust the thrust axis of

the motor so that it passes through the spacecraft's cen-

ter of gravity. A propulsion system installation schematic

is shown in Fig. 194, and Fig. 195 is a detail of the sub-
structure.

The substructure was fabricated of four square alumi-

num tubes. The four corner joints were made by fittings

that also provide the substrueture-to-spacecraft mount-

ing surface. This surface is shown by plane B in Fig. 194

and Fig. 195. The holes in the four fittings accept dose
tolerance fasteners that attach the substrueture to four

braekets on the spaeecraft in the plane of Bay II.

Four mideourse motor mounting blocks were mounted

on the approximate centers of the square tubes. The

tops of these blocks, which measure approximately 1.5 in. z,

were machined coplanar after assembly. This plane is

shown as plane C in Fig. 194 and 195; the thrust plate of

the propulsion system is mounted to it.
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NOMINAL UNDEFLECTED THRUST

AXIS (MOTOR CENTERLINE/_7 [_

/ ,
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SUBSTRUCTURE /

SPACECRAFT

MOUNTING BRACKET

! JET VANE

--.-] _ CENTER/
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Fig. 194. Midcourse motor installation
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Fig. 195. Midcourse motor substructure

A coordinate system common to both the spacecraft

and the propulsion system was chosen for motor align-

ment and CG measurement. This coordinate system has

its origin at the center of propulsion system-to-spacecraft

mounting hole in the common mounting surface, plane B.
The system is desirable since its use eliminates dimen-

sional tolerance buildups. The coordinate system is
shown in Fig. 195, and is labeled u-v-w.

After measurement of the center of gravity, three

variable dimensions were specified and used in the ma-

chining of the substructure's mounting blocks. The three

adjustments that could be made to align the motor's
thrust axis with the CG were:

1. A rotation of plane C about a defined pivot point

so that it would make an angle to plane B of

= 0 deg to a = 4 deg. (The angle _ is illustrated

in both figures.)

2. A translation of the motor's mounting hole pattern

in plane C by as much as __+0.500 in. from the cen-

ter of Bay II, parallel to the spacecraft separation

plane, or along the v axis. This translation is shown

by Av in Fig. 195.

3. A translation of the motor's mounting hole pattern

in plane C by as much as 0.375 in. up, and 0.25 in.

down. This translation is shown by ",Ua in Fig. 195.

Downward translation was limited at small angles
by dynamic envelope clearance constraints. If

Au_ = 0, the center line of the fuel tank would

pass through the defined pivot point as shown in

Fig. 194.

The approximately vertical adjustment (3) is redun-

dant to the rotational adjustment (1) for the majority of

CG positions, but was included to allow all motors to be

inclined at the same angle on any of the flight space-
craft. This was desirable since each autopilot had to be

calibrated for the given angle, and having the angles

identical allowed autopilot interchangeability among
spacecraft.

After the initial CG measurement at JPL, the sub-
structure's blocks were machined to the determined

angle and four mounting holes drilled at the proper

translations so that the thrust vector passed through the
CG. A second substructure was machined to the same

angle but no holes were drilled. After the final CG was

measured at AFETR, the second substruchrre could be

drilled and used if the CG shift (due to hardware re-

placement between the two CG measurements)was of

sufficient magnitude. It was undesirable to have to use

this spare frame became it would have required hand
machining in the field.

2. Weight and CG Measurement

The weight and CG test empirically determined these

properties of the spacecraft (less the propulsion unit)
and of the propulsion unit itself. A rotation and two

translations of the propulsion system, consistent with the

adjustment capability of the motor positioning, were

then calculated to align the thrust vector with the com-

bined motor/spacecraft center of gravity. With these
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adjustments known, the combined weight and CG were 
calculated. Four setups were necessary to perform the 
entire test. 

a. Spacecraft less propulsion system CG in the plane 
of Bay ZZ (Setup 1 ) .  Two of the three CG coordinates 
(ZS and q9) and the weight of the spacecraft were deter- 
mined by this test. The setup is shown in Fig. 196. 
Because of geometric constraints, it was impossible to 
measure reactions directly on the spacecraft; hence, a 
fixture was required to adapt from the propulsion system 
mounting brackets of Bay I1 to the load cells. The fixture 
was essentially two triangles: one was a right triangle 
that picked up three of the four mounting brackets, and 
the other was an equilateral triangle whose apexes lo- 
cated the 500-lb load cells (Fig. 197). 

The spacecraft (less the propulsion unit) with the fix- 
ture installed was set on the CG stand and reactions 
were recorded. The solar panels were held open by 
struts, the length of which was set during cruise damper 
adjustment. The solar vanes were folded. Reactions were 

Fig. 197. Test fixture for spacecraft plane of Bay I I  
CG determination 

B 

Fig. 196. Test setup for spacecraft plane of Bay I I  
CG determination 

taken again in two additional positions (spacecraft ro- 
tated 120 deg) to correct for load-cell and leveling 
errors. The load cells were floating to ensure axial force 
only. Their positions were determined by inspected 
dimensions of the fixture. Using the average of the three 
force measurements taken at each point and making 
corrections for the fixture, missing nitrogen gas, solar 
panel struts, and iindeployed solar vanes, the weight and 
projected position of the CG in the plane of Bay I1 were 
determined for the spacecraft less the propulsion unit. 

b. Spacecraft less propulsion system CG normal to the 
plane of Bay ZZ (Setup 2).  To obtain the CG position of 
the spacecraft (less propulsion system) normal to the 
plane of Bay I1 (Z8), the spacecraft was installed on a 
spacecraft support ring that had been fitted with an 
adapter that picked up the load cells. This assembly 
was then set on three 500-lb load cells on the Mariner ZZ 
CG stand (Fig. 198). The solar panels were secured in 
the open position, and the solar vanes were stowed. 
Reactions were measured by the load cells at the three 
points of the fixture in three positions 120 deg apart. 

278 



JPL TECHNICAL REPORT NO. 32-740 

The spacecraft was then rotated 180 deg, with respect 
to the spacecraft support ring, and the sequence re- 
peated. Reversing the spacecraft on the ring eliminated 
the ring weight and CG from the spacecraft CG calcula- 
tions. The eccentricity of the spacecraft CG from the 
structure’s center line was calculated and related back to 
the plane of Bay 11, giving the CG coordinate normal 
to this plane. 

c. Propulsion system CG (Setups 3 and 4). The weight 
and CG of the propulsion system were measured before 
fueling. Two setups were required: one for the CG as 
projected into the plane of Bay I1 (CD and Up), as shown 
in Fig. 199; and one for the CG normal to the plane of 
Bay I1 (ZJ,  shown in Fig. 200. The propulsion system 
was mounted on the midcourse motor weighing fixture. 
This fixture was set onto the three load cells in two 
planes at right angles to each other as shown in the 
figures. The same base stand used for the spacecraft 
Bay I1 CG test was used for both of these tests. Reac- 
tions were measured with 100-lb load cells, since their 
accuracy was better than that of the 500-lb cells used in 

Fig. 198. Test setup for CG determination normal 
to plane of Bay I I  

Fig. 200. Test setup for PIPS CG determination 
normal to plane of Bay I I  
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the spacecraft weight and CG determination. In each

setup, three sets of readings were taken at positions

120 deg apart to minimize load-cell and leveling errors.

Corrections were made for fixture weight and missing

propellant and gas. From the results of the two setups,

the PIPS weight and the three coordinates of its CG
were obtained.

An error analysis that included load-cell uncertainties,
dimensional uncertainties, and uncertainties in the cor-

rections applied for missing and added components

showed that the uncertainty in total spacecraft CG posi-

tion resulted in a maximum 2.5-mrad uncertainty in mid-

course pointing accuracy.

3. Method of Vernier Adjustment

For small CG shifts, a method of correction other than

repositioning of the motor was available. This method

was to perform vernier adjustments on pitch- and roll-

maneuver turns to account for all known misalignment

of the motor's center line from the center of gravity.

Instead of pointing the motor center line in the direction

of the desired midcourse velocity increment, the stabi-

lized thrust vector, a line through the jet vane center

and the known average CG during motor burn, could be

pointed in that direction. The input to the midcourse

maneuver program simply defines the thrust vector in

spacecraft coordinates so that it includes the known

geometrical offsets plus the calculable initial rotations

of the spacecraft. Rotations at the initiation of motor

burn are caused by initial torques that result from the

geometrical offsets before the autopilot and jet vanes

have pointed the thrust vector through the CG. The

midcourse program, which equivalently gave the mag-

nitude and polarity of the turns, automatically calculated
adjusted turns.

The autopilot, which controlled spacecraft attitude

during motor burn, had the capability to correct for an

offset in excess of 20 mrad. (The angle referred to is the

amount the thrust vector must shift to pass through

the center of gravity.) To determine vernier adjustment

capability, the sum of errors and uncertainties were sub-

tracted from the autopilot's capability. Uncertainties con-

sidered were mechanical misalignments in assembly of

the propulsion system, concentricity of the undeflected

thrust vector with the motor center line, center-of-

gravity measurement uncertainties, and unknown CG

shifts due to attitude control gas depletion and solar

panel mislocation. Subtracting the 4.11 mrad 3, sum of

these uncertainties from the autopi|ot capability, it was

determined that the method of vernier adjustments could

be used to correct for offsets up to 15.89 mrad.

Only a portion of the vernier adjustment capability
could be allocated to correct for CG shifts due to hard-

ware replacement between initial and final CG measure-

ments. Some of the capability had to be allocated for CG

shifts after final CG measurement (which was the final

repositioning opportunity). After the final-positioning

opportunity, possible shifts from three sources were
considered:

1. Hardware replacement after final CG. To reserve

vernier adjustment capability for this source of

misalignment, a possible but unlikely set of cir-

cumstances was arbitrarily selected. These were

exchanging two solar panels that differed in weight

by 1_ lb, and a 3V4 lb addition or removal in elec-

tronic cases. These changes would additively shift

the CG by 6.84 mrad.

2. Possible failures. Three otherwise noncatastrophic

failures were considered: (1) 90% attitude control

gas depletion, (2) a solar vane failing to open, and

(3) the science cover opening prior to maneuver.
These would have caused a resultant maximum CG

shift of 2.13 mrad.

3. Midcourse fuel depletion. For a second maneuver,

95% fuel depletion during the first maneuver was
assumed. This would have caused a 2.59 mrad CG

shift.

Subtracting the sum of possible known misalignments
due to the above three sources from the total vernier

adjustment capability gave a 4.33 mrad remainder. This

amounted to a 0.125-in. shift of the center of gravity at

the roll axis, which, then, was the portion of the vernier

adjustment capability allocated to account for CG shifts
between initial and final CG measurements. If the

shift had been greater than V8 in. perpendicular to

the motor center line, the motor would have been reposi-

tioned by machining and installing the spare substructure.

4. Measurement and Alignment Results

The weight and center of gravity of each of the flight

spacecraft were measured at JPL. In every case, the

CG fell outside the horizontal adjustment capability of

the motor positioning, but within the total capability. The

motors were positioned, all at the same angle a, with

vertical translation to give perfect alignment along the

Ua axis and with the maximum 0.500-in. horizontal trans-

lation. The weights and CG were again measured at
AFETR. In no case was the shift in CG greater than
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0.125 in., thus eliminating the need to reposition any

motor. Table 48 gives the weight and CG position in

conventional spacecraft coordinates and motor alignment

parameters after each test for the three spacecraft. It

also contains corrected weight, CG position, and align-
ments at the time of launch of Mariner III and Mariner IV,

and the average CG and alignment during the successful
Mariner IV midcourse maneuver.

The changes in CG position and alignment between

tests at JPL and the Cape were attributed to hardware

replacement. Changes between the final measurement

and launch were also due to hardware replacement, and

were calculated on the basis of QA status log records.

For Mariner Mars 1964, the actual average CG position

at midcourse was calculated from the position at launch.

Half the midcourse fuel depletion for the predicted

20-sec burn (a prediction that resulted from a previous

nominal calculation) and the abnormally high position

of the four solar vanes entered into this computation.

The seemingly large 0.030-in. shifts in-X and Y do not

appreciably affect the alignment, since the fuel tank lies

along the horizontal projection of the thrust axis. The

vector summation of the two actual misalignments listed

(0.012 in.) corresponds to an angular misalignment

of 0.43 mrad. This number is extremely small compared

to the 15.89-mrad correction capability using the method

of vernier adjustments. The offsets were included in the

input to the final maneuver calculation, but their mag-

nitudes were too small to change the pitch and roll turn

Table 48. Weight, CG, and motor alignment of Mariner Mars 1964 spacecraft

Property"

Measured weight, Ib

Measured CG position

Jet vane position

Motor alignment CG test, in.

Direction

T

Xje

Yj.

Z,,.

Horizontal offset

Vertical offset

Corrected weight at launch, Ib

Corrected cruise configuration

CG at launch

Corrected motor alignment at

launch, in.

Actual average CG position at

midcaurse

Actual motor alignment at

midcourse, in.

¥
Z

Horizontal offset

Vertical offset

T

Horizontal offset

Vertical offset

MC-2

Cape
JPL Kennedy

574.64 574.81

0.780 0.780

0.018 0.091

-- 12.292 -- 12.306

20.591 20.591

19.884 19.884

--11.312 --!1.312

0.038 0.013

0 0.016

575.37

0.784

0.104

-- 12.302

0.019

0.012

MC-3

JPL

575.62

0.718

-- 0.025

-- 12.303

20.592

19.885

-- 11.321

0.024

Cape
Kennedy

574.27

0.691

-- 0.020

-- 12.304

20.592

19.885

--11.321

0.003

0

574.74

0,698

-- 0.023

-- 12.293

0.010

0.002

0.668

-- 0.052

--12.313

0.009

0.008

MC-4

Cope
JPL Kennedy

575.61 577.16

0.717 0.790

-- 0.001 -- 0.071

-- 12.274 --12.242

20.591 20.591

19.884 19.884

--11.292 --11.292

0.006 0.107

0 0.032

• Motor tilt L a for all three spacecraft listed is 200'0 ".
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times that had been previously calculated in the nomi-
nal run.

An examination of the data presented in Table 48

shows that the maximum weight difference between any

two spacecraft was less than 3 lb, and the maximum dif-

ference in CG positions was less than 0.08 in. If the last

test on the spare spacecraft at Cape Kennedy were

neglected, the differences would have been approxi-

mately half those quoted above. (There was a possible

justification for having neglected this last test, since it

was terminated before completion by the launch of

Mariner IV. Many components that should have been

weighed and entered into corrections were not included.)

In any case, similarity between the vehicles was excel-

lent, which confirmed the consistency of the quality level

to which the components were manufactured.

C. Performance Capability

The Mariner Mars 1964 postinjection propulsion sys-

tem developed, nominally, 50 lb of vacuum thrust and

a vacuum specific impulse of 236 lbf-sec/lbm (without

jet vanes). Table 49 summarizes the major engine per-

Table 49. Nominal performance summary

Engine characteristic Value

Vacuum specific impulse (without jet vanes)

Vacuum specific impulse (four jet vanes deflected

10 deg) a

Vacuum thrust (without jet vanes)

Vacuum thrust (four jet vanes deflected 10 deg)

Vacuum thrust coefflcient b (without jet vanes) c

236.0 Ibf-sec/Ibm

232.7 Ibf-sec/Ibm

50.71 Ibf

50.00 Ibf

1.7500

Characteristic velocity b

Propellant flow rate

Throat area (ambient)

Stagnation chamber pressure b

Nozzle expansion ratio

Specific heat ratio

Maximum thrust vector deflection capability

(two jet vanes deflected 25 deg)

4340 ft/sec

0.21487 Ibm/sec

0.15 in =

189.4 psla

44:1

1.38

5.0 deg

• Jet vane maximum deflection capability equaled 25 deg, but expected maxi-

mum steady-state deflection was approximately 10 deg.

bBased on actual steady-state hot throat area (1.99% larger than ambient
temperature throat area).

eJet vane data in null position were negligible; therefore, null position en-

gine data and engine data without jet vanes were essentially equal.

formance characteristics of the monopropellant engine

and jet vane system. Length restrictions resulted in a

nozzle with an expansion ratio of 44:1. However, early

in the program before the nozzle expansion ratio was

fixed, an engine with an expansion ratio of 103:1

was designed, fabricated, and tested in a near-vacuum

environment. This engine delivered a vacuum specific
impulse of 243 Ibf-sec/lbm and would have resulted in

a net payload advantage had the length restriction not

been imposed.

Table 50 represents a weight breakdown of the post-

injection propulsion system. It should be noted that, as

discussed earlier, the propellant and nitrogen tanks were

safety-factor vessels (burst pressure at least 2.2 times

Table 50. Propulsion system weight breakdown

Item Weight, Ib

Dry unserviced weight

Propulsion structure assembly

Engine and catalyst

Engine insulation

Propellant tank

Propellant bladder

Propellant valve

Propellant tank pressure transducer

Propellant tank temperature transducer

Oxidizer pressure transducer

Thrust chamber pressure transducer

Nitrogen tank

Nitrogen valve

Nitrogen pressure regulator

Nitrogen tank pressure transducer

Nitrogen tank temperature transducer

Oxidizer start cartridge

Tubing and fittings

Thrust-vector control assembly

Pyrotechnic harness

Instrumentation harness

Total dry unserviced weight

Wet weight

3.87

2.50

0.10

2.80

1.00

1.50

0.27

0.10

0.27

0.30

1.90

1.00

1.20

0.27

0.02

2.40

3.20

2.60

0.69

0.69

26.68

Propellant

Oxidizer

Nitrogen gas

Squibs

21.50

0.13

1.00

0.62

Total net weight 49.93
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maximum working pressure at 125" F), which, when pres-

surized, were safe for personnel to work around. In addi-

tion, the fact that the propulsion system was a relatively

small system with system-fixed weights (not affected by

propellant load) prevailing should be kept in mind when

viewing the system weights in Table 50.

Unlike the Ranger and Mariner H spacecraft, the

Mariner Mars 1964 spacecraft used a timer shutoff

mechanism for the propulsion system instead of an inte-
grating aecelerometer circuit. The inclusion of a timer

shutoff mechanism placed stringent total impulse pre-

dictability and reproducibility requirements on the post-

injection propulsion system. The propulsion system

design had to be capable of providing variable total

impulse for fulfillment of velocity-increment require-

ments ranging from 0.1 to 60 m/see for a 600-1b space-

craft. The total impulse control was provided by the

before-mentioned spacecraft timer that controlled the en-

gine burn time. Error analysis indicated that the engine

total impulse and velocity increment could be predict-

able to approximately the 1 _ accuracies (including

spacecraft timer errors) depicted in Fig. 193. Subsequent

improvements in the propulsion system testing and in-

strumentation techniques reduced these errors by a
factor of 3.

Typically, monopropellant hydrazine rocket engines

have a long transient during which the engine is operat-

ing at reduced performance while the catalyst bed

attains thermal equilibrium. Because of the spacecraft

mechanization for engine burn duration (commanded

fixed burn time as compared to accelerometer shutoff on

previous Laboratory spacecraft), the prediction of the
thrust transient was of paramount importance to mini-

mize correction dispersion errors. A thrust degradation

factor, which accounted for the reduced engine perfor-

mance, was experimentally determined through a series
of propulsion system tests. This thrust degradation factor

is depicted as a function of time in Fig. 201.
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Fig. 201. Thrust degradation as a function of time

The minimum velocity increment capability of the

propulsion system was very important since, statistically,

an extremely small correction has a finite probability of

being required to correct for injection or previous cor-

rection dispersion errors. The design goal of the Mariner

Mars 1964 propulsion system was to be able to supply a

minimum velocity increment capability of 0.1 m/see to

a 600-1b spacecraft. For velocity increments of this mag-

nitude, the tail-off impulse from the hold-up propellant

in the propellant lines contributes significantly to the

total impulse required. Experimental and analytical pro-

grams were conducted to define the engine tail-off im-

pulse as a function of engine burn time. The analytical

model included the following variables:

1. Gas in the thrust chamber

2. Liquid fuel in the thrust chamber wetting the cata-

lyst, and fuel in the injection spray

3. Injected oxidizer(ff engine shutoff occurs during

the bipropellant ignition)

4. Oxidizer trapped in the line

5. Fuel trapped in the fuel line and injector manifold

6. Catalyst bed temperature as a function of engine
burn time

In order to properly size the propellant load necessary

to provide a specified velocity increment, it was neces-

sary to determine the additional propellant to be carried

in order to account for the start transient performance

degradation. Reduction of test data for the additional

propellant needed to account for the start transient per-
formance degradation resulted in a value of 0.14 lb.

Therefore, in order to determine the propellant needed

to provide a given spacecraft with a given velocity incre-
ment, 0.14 lb was added to the value obtained from the

momentum exchange relationship.

Engine tests were run for 0.1, 0.3, 1, 5, 10, 30, 60, and
100 sec, during which time tail-off measurements were

made. The experimental results agreed very closely with

the analytical analysis, which was later tailored to pass

through the data; this agreement resulted in the curve of

engine tail-off impulse vs time shown in Fig. 202.

D. Development and Testing Program

Initial planning, design approach, and configuration

studies of the propulsion system were started in June

283



JPL TECHNICAL REPORTNO. 32-740

u_

I

J_
m

tJ
_J

O.

0

7' _f

.//!
5

4

0

I

I0 20 50

ENGINE BURN TIME, sec

4O

Fig. 202. Engine tail-off impulse v$ engine burn time

1962 in conjunction with the initial design studies of

the Mariner Mars 1964 mission. Several approaches

to the two-start, long-term space-storage requirements

were considered and preliminary system designs were

made of several approaches. In September 1962, a sys-

tem design(represented in Fig. 191)was selected as the

one most satisfying the mission requirements and having

a high probability of successful development. The possi-

bility of using a spontaneous catalyst in lieu of an oxi-

dizer (NzO,) start slug system was carried along as a

possible modification to the design depicted in the fig-

ure. Promising results in the development of a catalyst,

producing spontaneous decomposition of anhydrous hy-

drazine at ambient temperatures, had been achieved. In

April 1963, it was decided that the catalyst was not devel-

oped to a point at which it could be considered for this

application and was dropped from further consideration.

Upon completion of the spacecraft preliminary design

and finalization of the system schematic, a systematic

propulsion system development program was initiated

with the goal of delivering the first FA tested propulsion

system for incorporation into the Mariner Mars 1964
PTM in November 1963.

1. Component Level Testing

a. Rocket engine. The rocket engine used in the pro-

pulsion system was essentially identical to that used in

the Ranger propulsion system. The only modifications

were changes in flange attachments to components for

packaging purposes, the addition of a chamber pressure

tap for inflight telemetry of chamber pressure during

engine burn, and the addition of an insulation jacket

around the engine chamber wall to preclude radiant

heat transfer to the spacecraft during engine burn.

The engine was subjected to type-approval testing

consisting of environmental humidity, shock, static accel-

eration, and boost-phase vibration tests. These tests were

followed by two engine firings at nominal chamber pres-

sure, each of 300-sec duration. No anomalies were noted

in either of the tests. A second engine was subjected to

flight-acceptance tests consisting of an injector perfor-

mance test and a boost-phase vibration test. Upon com-

pletion of these tests, an attempt was made to fire the

engine at 1.5 times nominal chamber pressure for 300 sec.
A failure of the chamber wall occurred at the end of

71 sec of operating time. This test had previously been

passed on the Ranger Block III engine, which was essen-

tially identical in design. However, post-test analyses
indicated that the insulation jacket that was placed

around the engine chamber to preclude heat transfer to

the spacecraft during engine firing raised the wall tem-

perature approximately 200*F, which, compounded by

the 1.5 times nominal chamber pressure, put the material

above its yield point. The chamber wall thickness was

subsequently changed from 0.031 to 0.045 in. The engine

was then successfully fired twice for 200 sec with each

firing at 1.25 times nominal chamber pressure. Two tests
were then made, each of 100-sec duration, with the en-

gine installed in an inverted position. The purpose of

these tests was to demonstrate that the holdup propellant

at engine shutdown would vaporize off without detonat-

ing from heat soak back from the catalyst bed. Subse-

quently, the engine was fired at 1.33, 1.50, and 1.67 times

nominal chamber pressure, each for 200 sec. All tests

were successfully completed once the thickness was in-

creased, and the engine was considered qualified for

flight.

b. Oxidizer start cartridge. The start cartridge used

on the propulsion system was similar to that used on the

Ranger Block III propulsion system; the design was

modified to provide a two-start capability. It consisted

of two metallic bellows welded into a single housing.

Normally closed explosive valves were connected to the
outlet of the bellows with a check valve between them

to prevent backflow of oxidizer into the other bellows

during the second engine firing (Fig. 191). Approxi-

mately 15 cm _ of oxidizer was contained in the internal
volume of each bellows. The exterior of the bellows was

pressurized with gaseous nitrogen. When the explosive

valve was fired, the nitrogen gas compressed the bellows

and injected the oxidizer into the engine for ignition.

c. Fuel tank bladder. To eliminate the fuel tank pres-

sure rise noted during the Mariner II and Ranger V

flights, the bladder material was changed. Permeability

tests with the new compound indicated no measurable

284



JPL TECHNICAL REPORT NO. 32-740 

rates during a 90-hr test period. A compatibility test 
with the compound was made by immersing a sample of 
the material in a glass vial of hydrazine at ambient tem- 
perature and measuring pressure rise as a function of 
time. At the end of 6 months of testing, the pressure rise 
was only 10 psi. In addition, a fuel tank and bladder 
assembly was filled with hydrazine, pressurized, and 
stored at  ambient conditions with the pressure rise 
monitored on a daily basis. No pressure rise was noted 
after 6 months of storage. The results of these com- 
patibility tests indicated that the new bladder material 
was adequate for the Mars mission. 

Type-approval testing on the bladder consisted of 
initial leak tests followed by 50 cycles of pressure- 
vacuum cycling on the bladder. The bladder was then 
used in the TA-1 propulsion system type-approval tests. 

d.  Pneumatic regulator. The pneumatic regulator for 
the propulsion system was a JPL design. It was similar 
to that used on the Ranger Block I11 systems, the main 
modification being that electron beam welding of the 
diaphragm was used to ensure better seal characteristics. 
A cutaway view of the regulator is shown in Fig. 203. 
The regulator maintained a constant pressure to the 
fuel tank of the midcourse propulsion system, nominally 
flowing 0.006 lb/sec gaseous nitrogen. During flow, the 
supply pressure decayed from 3600 psia to 50 psig above 
outlet pressure. The regulator had to be capable of shut- 
ting off flow and maintaining minimal leakage during 
this locked-up condition. The regulator was an all-metal, 
unidirectional-flow, normally open type and operated in 

Fig. 203. Propulsion system , eumatic regulator 

the following manner: the variable inlet pressure flowed 
around the ball and seat into the low pressure outlet 
chamber; impression of this pressure on the effective 
diaphragm area resulted in controlled outlet pressure. 
Displacement during operation was accomplished by 
flexure of the diaphragm along with the mechanical 
backup configuration and by predetermined outlet pres- 
sure maintained by an equalizing force from the Belleville 
springs. The structural materials were primarily nonfer- 
rous to minimize magnetic characteristics. 

The type-approval test program consisted of initially 
undergoing proof, leak, flow, and lock-up tests to ensure 
proper operation of the regulator prior to proceeding 
into the environmental testing. The environmental tests 
consisted of shock, static acceleration, vibration, and 
temperature tests at 14 and 167°F. During and after 
the environmental tests, the regulator was functionally 
operated (approximately 21 times) to ensure its correct 
operation. 

During the early portions of the development pro- 
gram, considerable difficulty was experienced in meeting 
the internal leakage rate requirement of 4 cm3/hr 
with the regulator in the lock-up condition. This prob- 
lem was traced to contamination of the ball seat area by 
some particulate material emanating from a mesh filter 
located at the inlet of the regulator. The filter was re- 
designed to a labyrinth type and no further difficulty 
was noted. 

e. Explosiue values. Explosively actuated valves were 
used to accomplish all valving functions on the propul- 
sion system. Because of the criticality of the explosive- 
valve development, two designs were camed out to 
ensure that the flight hardware schedule commitments 
could be met. One design used two of the existing 
Ranger single-start explosive valves in a parallel arrange- 
ment with an intermediate manifold. This design, which 
satisfied the Mars mission two-start requirement, repre- 
sented a backup to the primary design. However, the 
existing Ranger valve internal seal design only margin- 
ally met the long-term space-storage requirements im- 
posed by the Mars mission. In addition, the squib used 
in the Ranger explosive valve was only marginally 
acceptable. The primary explosive valve design involved 
an entirely new approach using an all-brazed construc- 
tion that integrally manifolded two valves together in 
parallel. This valve-squib combination was manufac- 
tured by a vendor. Early in the program, in order to 
ensure the design adequacy of the valve-squib combina- 
tion, the vendor was directed to perform a feasibility 
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test in which the nominal squib charge was to be dou-

bled to demonstrate that the valve and squib would not

suffer any damage. The nominal squib charge was then
to be halved to demonstrate that the valve would still

operate satisfactorily. During both series of tests, the

valve operated satisfactorily and all parts remained

intact; however, venting of gases past the glass seal on

the squib pins was noted on all tests. Gas venting of the

squib was considered unsatisfactory because of possible

contamination of optical surfaces on the spacecraft. The

vendor used a squib that operated on a detonating prin-

ciple in preference to a gas-generating squib. An analysis

of the valve indicated that satisfactory operation would

be obtained by a gas-generating squib that developed an

initial pressure of approximately 30,000 to 40,000 psia.

A gas-generating squib that produced the before-

mentioned pressures was procured and evaluated. The

evaluation consisted of fabricating four squibs each of
nominal one half, one and one third, one and two thirds,

and double charge and firing them in the valve-squib

combination. Two squibs of each group were fired at

14°F and two were fired at 167"F. During the nominal

charge and one half charge tests, normal valve operation

was obtained and no venting of the squib gases was

evident. In the firing of the one and one third charge

squibs, the valve operation was normal but two of

the squibs exhibited slight leakage past the pin seal joint.

In the firing of the one and two thirds charge test, the

valve operation was normal but one squib exhibited a

slight gas leakage past the pin seal. During the double-

charge test, gas leakage past the pins occurred on all four

squibs and, in one case, a pin blew out; and it was felt

that the heat generated from the squib firing was great

enough to melt the braze joint material. It was decided

that these evaluation tests demonstrated that the gas-

generating squib was superior to the valve-squib com-

bination. It was also decided that the slight pin leakage
at the one and one-third and one-and-two-thirds nominal

charge would be eliminated by improvements in the

quality control procedures used in brazing the pins into

the squib header. On the basis of these tests, the gas-
generating squib was selected to be used for valve
actuation.

As part of the development program on the explosive
valve, it was originally planned to run a formal Bruceton

test to determine the minimum squib charge required

for valve actuation, and the maximum charge allowable

before valve or squib failure. The nominal squib charge
was to be chosen on the basis of these data. However,

the schedule did not allow for these tests to be performed

so a best estimate of the charge was made based on

the before-mentioned evaluation of the gas-generating

squibs. In place of the Bruceton test, a developmental

test program was conducted in which valves with maxi-
mum and minimum clearances were purchased along

with squibs whose charge was one-half nominal and

one-and-two-thirds nominal. The test program was de-

signed so that the effects of under- and over-charge

squibs could be evaluated with minimum and maximum

clearance valves. (All of these valve-squib combinations

were subjected to type-approval testing, which was fol-

lowed by functional tests of the valves.) In all cases,

normal valve operation was obtained indicating that very

adequate design margins existed with this valve-squib
combination.

Two failures occurred during the type-approval pro-

gram. A post-operation leak check of the oxidizer valves

revealed a failure of the braze joint between the nipple

and valve body. A failure of this joint would allow leak-

age of chamber pressure gases during engine operation.

The location of the braze joint failure is shown in

Fig. 204. An analysis of the braze joint indicated that it

was underdesigned; the program schedule did not allow

for its complete redesign. The solution to the failure was
to add another serration concentric with and outside of

the braze joint. This fix would prevent external leakage

BRAZE

JO,NT

BRAZE JOINT NEW DESIGN

Fig. 204. Oxidizer explosive valve
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when the braze joint failed; thereby ensuring that the 
braze joint failure would in no way compromise the reli- 
ability of the valve to function properly. The new seal 
design was successfully demonstrated as preventing ex- 
ternal leakage and the valve was considered to be quali- 
fied for flight. 

The other failure occurred during the squib portion 
of the type-approval tests. Two squibs fired when they 
were subjected to a second static-discharge test of 10 kv 
from a 300-pf capacitor. (Approximately 100 squibs were 
subjected to this test). Analysis of the failure revealed 
that the circuitry used in conducting the test had a 
resonance condition such that the squib was actually 
being subjected to twice the desired test voltage. Analy- 
sis of the squib insulation indicated that voltages of 
approximately 20,000 to 25,000 v could puncture the 
insulation and thus lead to a squib failure. The circuitry 
used for this test was modified to eliminate the resonance 
condition and no further problems were encountered. 

f. Tankage. The propellant and nitrogen tanks on the 
propulsion system were made of titanium alloy. The pro- 
pulsion system design dictated that the minimum burst 
pressure for each tank be 945 psia and 7265 psia. 

of initial tank pressurization levels were conducted with 
this system. Upon completion of the TA-2 firings, the 
system was used in a life test described in detail in 
the ensuing paragraphs. 

a. TA-1 system. Upon completion of the TA-1 propul- 
sion system assembly, the system was subjected to a 
series of modal tests. -4 typical test setup for these series 
of tests is shown in Fig. 205. This series of tests was con- 
cerned with the determination of the structural resonant 
frequencies and the corresponding modes of vibration. 
Very low vibration levels were fed into the structure at 
various frequencies until the resonant points were found. 
Readings taken from accelerometers mounted at various 
points on the structure were used to define the mode 
shapes. I'ery good correlation was noted between the 
actual test data and the analysis upon which the struc- 
tural design was based. Upon completion of the modal 
tests, the TA-1 system was subjected to a series of pre- 
liminary \Tibration tests to determine amplification fac- 
tors at selected points on the structure. Vibration levels 
from 0.5 to 2.5 g rms were fed into the system sweeping 
at frequencies of 50 to 400 cps. During these tests, it was 
found that the first resonant frequency of the structure 

Three propellant tanks and three nitrogen tanks were 
subjected to type-approval testing. Each tank was hydro- 
statically proof-pressurized to 1.5 times its maximum 
operating pressure through three cycles with pressure 
volume measurements being taken. Two of the three 
nitrogen tanks and two of the three propellant tanks 
were continuously pressurized on the third cycle to burst 
at  a rate that would best show the pressure effect on the 
tank. The third propellant and nitrogen tank underwent 
type-approval testing with the complete TA-1 propulsion 
system. Upon completion of the system type-approval 
tests, the tanks were again subjected to three cycles of 
proof test with the pressure camed to the burst point 
on the third cycle. The results of the tests indicated that 
the minimum burst pressure was 972 psia on the fuel 
tank and 7370 psia on the nitrogen tank. 

2. System Level Testing 

Two propulsion systems were subjected to type- 
approval testing. The T,4-1 system was assembled from 
components that had previously passed either type- 
approval or flight-acceptance tests. This system was then 
subjected to enirironmental tests that are detailed in the 
ensuing paragraphs. The TA-2 system was assembled from 
components that had pre\;iously passed flight-acceptance 
testing. Complete system firings over the design limits Fig. 205. Test setup for modal testof propulsion system 
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was approximately 140 cps. At this resonant fre-

quency, an amplification factor of 5 was measured at the

CG of the structure. The TA-1 system was subsequently

installed in a shipping container and subjected to the

transportation and handling, drop, and vibration tests.

The system was then subiected to the space-flight shock
test and the static acceleration test. After each of these

tests, a thorough leak check was performed on the sys-

tem and no leakage or other system failures were noted.

Upon completion of the static acceleration test, the

start cartridge was filled with nitrogen tetroxide, the pro-
pellant tank was filled with water to simulate the

propellant, and the system tankage was pressurized to

the maximum expected flight values. The system was
then subjected to the boost-phase vibration test. Before

conducting the test, a 1-g input was fed into the pro-

pulsion system and a frequency sweep was made from

20 to 2000 cps. During this frequency sweep, very high
acceleration levels were noted at the fuel tank attach-

ment point when the structure's resonant point was

reached. The amplification factor was a factor of 10

higher than had been noted on the premilinary vibra-
tion tests previously conducted. The difference between

the tests was that the tankage had not been pressurized

during the preliminary vibration tests. Apparently, intro-

ducing a gas at high pressure between the propellant tank

wall and the propellant expulsion bladder (the bladder

contains 21.5 lb of hydrazine) inhibits sloshing of the

propellant. Since sloshing contributes to damping because

energy is dissipated, inhibiting sloshing resulted in

markedly higher amplification factors throughout the

propulsion system. At that point, it was felt that the pro-

pulsion system could not pass the formal type-approval
vibration test if the high amplification factor existed

with higher vibration inputs.

To ascertain the quantitative effects of pressurizing the

propellant tank and increasing acceleration inputs, a

number of tests were made, sweeping from 20 to 150 cps,

with tank pressures of 0, 150, 275, and 395 psig and

input accelerations from 1 to 5 g rms with a propulsion

system similar to TA-1. As expected, the amplification

factor went up with pressure and down with increasing

input acceleration. The amplification factor at the pro-

pellant tank support ring and the propulsion system
support structure were typical and are tabulated in
Table 51.

The results of the before-mentioned testing and results
from the STM spacecraft testing, which indicated that

Table 51. Summary of vibration testing on a typical

Mariner Mars spacecraft propulsion system

Vibration perpendicular to rocket engine thrust axis

Input Propellant Resonant Tank ring Substructure

accelerati6n tank pressure frequency amplification amplification
grms psig cps factor factor

0

150

275

395

150

395

150

395

150

395

395

78

78

74

72

74

68

72

64

66

64

64

6

15

23

26

12

18

10

14

9

18

16

Vibration parallel to rocket engine thrust axis

0

150

275

395

150

395

0

150

395

150

395

395

118

108

104

102

104

102

104

96

96

92

92

94

2

10

12

18

8

13

2

8

10

8

8

8

6

22

30

45

19

32

5

18

23

18

16

9

the input levels to the propulsion system were lower than

originally thought, suggested that the system could pass

the formal type-approval vibration tests. The actual test

levels and sequence in which the TA-1 system was
tested were as follows:

1. A 2.5 g rms sinusoid from 20 to 100 cps and back to

20 cps

2. White Gaussian noise, PSD of 0.20 g2/cps from 300

to 1000 cps, with a 6 db/octave roll-off from 1000 to

2000 cps, a 3 db/octave roll-off from 300 to 20 cps,
and a 24 db/octave roll-off below 30 and above

2000 cps for 3 min

3. White Gaussian noise, PSD of 0.010 g2/cps, band-

limited between 100 and 2000 cps, and a 2.5 g rms

sinusoid superimposed on the noise sweeping from

100 to 450 and back to 100 cps
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4. _Vhite Gaussian noise, PSD of 0.010 g2/cps, band-

limited between 100 and 2000 cps, and an 8 g rms

sinusoid superimposed on the noise sweeping from

450 to 2000 and back to 450 cps

The total time for steps 1, 2 and 3 was 10 min. Sweep

through the frequencies was controlled so that time rate

of change of frequency increased directly with frequency.

No structural damage was noted during the vibration

tests on the TA-1 system. After completion of the vibra-

tion tests, the system was subjected to temperature tests

and then fired while at temperature. The first test con-

sisted of a 2-hr soak at 40*F followed by an additional

2-hr soak at 167"F. The system was then fired while

at 167"F for 60 sec. Nominal system performance was

obtained during the test. The system was then soaked

at 40*F for 2 hr, after which it was again successfully
fired for 30 sec.

b. TA-2 system. The TA-2 propulsion system was built

up from components that had previously passed flight-

acceptance testing. The testing on this propulsion system

consisted of conducting firings at various tank pressures

in order to define system start transients and steady-state

operation under a variety of starting conditions. For the

first test, all tanks were pressurized to their nominal

values (propellant tank 304 psia, nitrogen tank 3000 psia,

start cartridge 400 psia). The first test was run for 80 see,

and the results were very close to the predicted perfor-

mance of the system. For the second firing of the

system, the initial pressures were those remaining from
the previous test at shutdown. The second test was 15 see

long, and nominal performance was obtained. After the

second test, the explosive valves were replaced and

the system was refilled with propellants. For the third

test, the tanks were pressurized to their maximum ex-

pected flight values (propellant tank 410 psia, nitrogen

tank 3300 psia, start cartridge 445 psia). The third test

was 95 see long and no anomalies were noted. The sys-

tem was then refueled with propellants and a fourth test

at low tank-prepressurization levels (propellant tank

125 psia, nitrogen tank 2800 psia, start cartridge 345 psia)

was attempted. The system was shut off after 14 sec of

operation when it was observed that the pressure regu-

lator did not regulate until the propellant tank pressure

had reached 500 psig. Post-run examination of the

regulator indicated that considerable amounts of 25

particles had been deposited on the regulator seat area,

causing the regulator to malfunction. These particles

emanated from the nitrogen explosive valves, located up-

stream of the pressure regulator, when they were fired.

Normally a filter is contained upstream of the regulator

and prevents particle contamination of the pressure

regulator. However, at the time the pressure regulator

was being qualified, it was extremely difficult to get

clean filters. In order not to delay system firings, it was

decided to build the pressure regulator for the TA-2

system without a filter, since it was felt that the danger

from particle contamination of the dirty filters (they

could not be cleaned successfully) was as great as con-

tamination from the explosive valves. Another regulator

with a good filter was assembled into the TA-2 system

and the fourth test of the series was successfully com-

pleted. After this test, the third test was repeated with
good results.

c. Life test. Upon completion of the TA-2 system tests,

the system was torn down and reassembled with new

components that also had previously passed flight-

acceptance testing. Prior to assembling, the rocket

engine and pneumatic regulator were installed in a stan-

dard calibration system and subjected to a thrust cali-

bration test in the same manner as that of the flight

systems. Two tests, which were 60 see and 30 see long,

were performed in a high-altitude facility. System total

impulse as well as other system operating parameters

were measured during the test and supplied data that

could be compared to system firings performed during
the life test.

Upon completion of system assembly, the system was

filled with propellants and pressurized to the nominal

flight levels. It was then installed in a storage trailer, the

ambient temperature of which was maintained at 125"F

for the life test. During the first month of storage, a

pressure rise of approximately 1.5 psia per day was noted

in the fuel tank, indicating incompatibility between the

bladder and hydrazine at that temperature. At the end

of 1 month of storage, the system was removed from the

trailer, installed in a high-altitude facility, and test-fired

for 60 see. Normal system operation was obtained. The

total impulse measured was within 3% of the value ob-

tained during the calibration test previously described.

This value was well within the required impulse repro-

ducibility depicted in Fig. 193.

Upon completion of the firing, the unit was reinstalled

in the storage trailer at a temperature of approximately

120*F. The same rate of pressure rise in the fuel

tank was again noted. At the end of approximately

31/._,months' total storage time, the system temperature

was lowered to 90*F to determine the change in rate

of fuel-tank pressure rise. No pressure rise was noted
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during the following 2 weeks, indicating that the pressure-

rise rate was very temperature-dependent as was ex-

pected. Some other testing had indicated that the rate

changed by a factor of 3 for each 10°F change in tem-

perature. The 90*F temperature was still 50% above the

expected flight temperature.

At the end of 4 months' storage time, the unit was re-

moved from storage and fired a second time for 30 sec.

The total impulse measured was within 0.2% of that

obtained during the calibration test of 30 sec. The unit

was again installed in the storage trailer at 120°F. For

the next 2 months, the fuel tank pressure again continued

to rise at 1.5 psia per day. At the end of 6 months' stor-

age time, the system temperature was reduced to 100°F,
and was held between 80 and 100°F for an additional

4 months with no fuel-tank pressure rise noted. Through-

out the 10 months of storage, the nitrogen tank pressure

remained very constant and no measurable leakage
was noted.

Two and one-half months after the start of the life

test, a drop of approximately 4 psia per day was noted

in the start cartridge. This pressure loss indication sug-

gested that either the metal bellows in the start cartridge

or the pressure transducer had failed. Subsequent inves-

tigation revealed that the braze joint attaching the

bourdon tube in the pressure transducer had failed and

was allowing pressure to leak into the sealed cavity of

the transducer. Thus, as the pressure in the transducer

cavity increased, a decrease in pressure across the bour-

don tube resulted in the indicated pressure loss. Place-

ment of a visual pressure gauge on the start-cartridge

nitrogen reservoir revealed that the pressure in the

cartridge was remaining constant. The braze joint had

previously been recognized as a problem and had been

redesigned. However, when the life test began, the rede-
signed transducer was not available.

In summary, the life test proved that the system could

be stored for prolonged periods of time and fired, and

that the system total impulse was repeatable within the

required limits. The test indicated that compatibility of

the fuel tank bladder and hydrazine can become a prob-

lem if the system temperature in flight approaches

1200F. The design adequacy of the seals used in the

system was well verified and no leakage, other than

the pressure transducer failure, was noted.
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XIV. SPACECRAFT SUBSYSTEMS: PYROTECHNICS

A. Firing Units

1. Design Considerations

In the design of the spacecraft pyrotechnic firing units,

the following spacecraft functions had to be performed:

1. Pin retraction of eight solar panel latches

2. Pin retraction of one science platform latch

3. First start, midcourse motor

4. First stop, midcourse motor

5. Second start, midcourse motor

6. Second stop, midcourse motor

7. Solenoid release, science cover

In addition, the firing units had to contain switching

circuitry which, upon command, would inhibit firing of

the midcourse motor, release the inhibit, and transfer the

command to fire the motor to either of the two groups

of on-off squibs.

The squib initiation circuitry of the Mariner Mars 1964

spacecraft pyrotechnic subsystem differs considerably
from previous designs, and was first proposed for

Mariner B. The principle of the circuit consists in

storing electrical energy on capacitors and switching

this energy upon command to the appropriate squibs by

means of semiconductors. The capacitors are trickle-

charged from the 2.4-kc bus and are common to as many

event channels as available. This requires four capacitor

banks to permit redundant propulsion valve actuations
with a minimal on-off time. Each semiconductor switch

is unique to a single event channel.

The circuit change was considered justified as follows.

First, the combination of capacitor storage and semi-

conductor switch reduced the component count by a

factor of z/_ compared to the battery and relay combina-

tion. This was mainly because the components formerly

needed to open the circuit after firing a squib were

eliminated. The circuit is, in effect, self-quenching. Sec-

ond, the semiconductor switches were more adequately

rated than the miniature relays they replaced. Ground

handling problems have caused AFETR to require 1-w

no-fire squibs on future spacecraft, which necessitates

the switching of considerable power if all related squibs

are fired simultaneously. Simultaneous firing further

reduces the component count of the initiation circuitry.

Third, it was believed that a capacitor would be more

reliable than the battery that it replaced for a mission

of long duration. It is noted that the main spacecraft
battery was given primary consideration for non-Sun

orientation or for emergency backup at Mars encounter.

The firing unit was designed and sized to reliably

fire 1-amp/1-w midcourse propulsion squibs, which re-

quire 0.15j per squib. The squib vendor was changed,

and the squib eventually selected required only 0.03j

(almost identical to the pinpullersquib requirements). In

the worst case involving four pinpuller squibs and the

smaller capacitor tank, the design provided four times

the required energy delivered to each squib.

The pyrotechnic subsystem had the same degree of

redundancy as previous subsystems. The system used

dual power supplies, dual firing switches, and dual

squibs. Where dual squibs were not feasible, devices

with dual bridgewires were employed. Command inputs

were nonredundant except for the first command (erect

solar panels), which used a delayed separation switch

as a backup.

The schematic diagram (Fig. 206) shows the elements

of a typical event channel and power supply. The crucial

circuit elements of the subsystem were considered to be

the energy storage capacitors in the power supplies

and the power switches. Each capacitor bank consists

of two or three tantalum capacitors of approximately
1800 ttf each.

SEPARATION SILICON

ARM SWITCH CONTROLLED

(EXTERNAL) _, _, CAPACITOR RECTIFIER

.... + I If--l/ff'l,,'3--_ BANK _ SQUIBS

t,, %
....... ,.ji

Fig. 206. Typical event-channel and power-supply

schematic diagram
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2. Development and Testing

Of the three types of capacitors subjected to environ-

mental testing and accelerated life testing, none proved

to be entirely satisfactory. As a result, a"crash'produet

improvement program was instituted by one of the

capacitor manufacturers to successfully meet JPL

requirements.

Silicon-controlled rectifiers were selected as the most

reliable, most compact, and least magnetic device ca-

pable of switching the required current. They were

chosen for their high current-switching capability and
the simplicity with which they can be switched. The

type finally chosen was manufactured and tested to the

Minuteman specifications.

The circuit was breadboarded and live squibs were
fired predictably. The breadboard fired more than

2,600,000 simulated squibs on a life-test basis with no

component failures, whereupon the test was concluded.

Twenty-three pinpuller squibs were fired to demon-

strate the ability of the breadboard circuit to fire such

squibs at reduced energy with the circuitry stabilized

at -10"C. Four squibs were fired at a time from a

3700 _f capacitor bank. This simulated the portion of

the first pyrotechnic event in which four pinpuller squibs

would be fired from the smaller capacitor bank. An
estimated harness resistance of 0.3 f_ was used. Stored

energy was reduced incrementally by reducing the ca-

pacitor voltage.

The results of these tests are tabulated in Table 52.

In test No. 7, three squib lines were intentionally short-
circuited at the squib end to see what affect it would

have on the remaining squib: it fired satisfactorily in
1.0 msec. The results of this series of tests demonstrated

that the circuit functioned satisfactorily at -10"C and

Table 52. Firing l_-amp squibs with midcourse

breadboard at reduced energy and -10°C

Test No.
Capacitor

voltage

28

25

22

19

19

28

19

Number

of squibs
Average function

time, msec

0.4

0.45

0.55

0.8

0.75

0.3

1.0

at greatly reduced energy. At 19 v, the capacitor bank

had 48% of its nominal energy. Fabrication of a proto-

type squib-firing unit followed.

Twenty-five 1-w squibs from various vendors were

fired with the prototype. The postinjection propulsion

valve squib designated was not available at the time of

the test, so a test of samples from other vendor types

of 1-w squibs was run to get some feel for the opera-

tion of squibs of that class with a stored-energy system.

Testing was done with the prototype of the squib

initiation circuit under conditions simulating flight con-

ditions as nearly as possible. Three squibs were fired at

the appropriate time in the valve channel. Connections

were through a shielded harness with a loop resistance

of 0.3 12. One squib of each group of three was fired into
a valve-sized test chamber, and the other two were fired

into the open. Oscillograms were made of the current

drawn by each squib, from which functioning time was

read. The functioning time of the squib is defined (for

pyrotechnic control-unit design purposes) as the time

from current turn-on to bridgewire burnout. Due to the

extremely small sample size of the 1-w squibs (only five

squibs of any one type) and the desirability of firing

three at a time for realism, all squibs were fired at the

nominal capacitor bank voltage of 27.5 v.

The results of these tests are shown in Table 53. Sub-

sequent to the test, it was learned that the valve squib
would have initiation characteristics identical to those

used in test No. 3. The conclusions from this test were:

1. All squibs fired.

2. The spread in sensitivities produced a spread in

functioning times of 4:1.

3. One type of squib consistently had a disconcerting

"hang-fire" characteristic.

Table 53. Firing I-w squibs with midcourse prototype

Test No.

Squib 1

0.5

0.75

0.3

1.0

0.8

0.4

0.4

Functioning time, msec

Squib 2

0.4

0.7

0.3

1.2

0.5

0.4

0.3

Squib 3

0.5

0.8

0.3

1.0

0.5

0.4

0.35

Squib 4

1.0

0.6

Squib 5

1.0

0.5
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4. Examination of the oscillograms indicated that a 
considerable portion of the capacitor bank's charge 
remained at the time of bridgewire burnout. For 
example, in firing the least-sensitive squib of the 
lot of twenty-five, the voltage across the squib de- 
creased from 1Ov at turn-on to 7.5 v at burnout. 

Six pinpuller squibs were fired with the prototype at 
reduced energy. Two squibs were fired at a time, each 
in a separate pinpuller. The remaining firing unit output 
lines were loaded with 1.5 R resistors, and the typical 
harness resistance of 0.3 R was used. 

The pinpuller squibs are much more sensitive than the 
propulsion squibs (%-w no-fire rating), yet they were to 
be fired from the same size capacitor bank as the 
propulsion-valve squibs. Thus, the pinpuller squibs did 
not impose a limiting requirement on the capacitor bank. 
Therefore, it was considered adequate to test these 
squibs at a few points of very low energy. The points 
chosen were 22, 20, and 18 v. The 18-v point represents 
43% of the nominal stored charge. 

The results of this test are given in Table 54. It is 
noted that the function time vaned smoothly as the cur- 
rent was decreased, and that the dispersion in function 
times was still quite small even at the low current. The 
circuit was considered entirely adequate to fire the squib. 

Table 54. Firing 1h-amp squibs with prototype 
at reduced energy 

I I I i 
Functioning time, msec 

Squib 1 Squib 2 

Capacitor 

22 0.5 0.55 

20 0.6 0.65 

18 0.75 0.8 

Fourteen pyrotechnic firing units were fabricated to 
fulfill the needs of the Mariner Mars 1964 program. Two 
views of the units are shown in Fig. 207 (a) and (b). 

Except for the first two units fabricated, all compo- 
nents used were subjected to rigid screening tests. Since 
delivery of screened components was late, the two units 
were fabricated with unscreened parts to meet project 
scheduling of the PTM spacecraft. The second pair of 
units fabricated was subjected to type-approval tests 
according to JPL specification. All others, including the 
first two units, were subjected to flight-acceptance tests 
according to JPL specification. 

T 

Fig. 207. Pyrotechnic firing unit 

In all tests on all units, two catastrophic failures oc- 
curred, In both failures the subminiature PIPS inhibit 
relays were involved. During postfabrication bench elec- 
trical checks, an inhibit relay in one unit failed to trans- 
fer to either position. Since the relays were not yet 
potted, the relay was replaced. The other failure oc- 
curred during flight-acceptance vibration tests on two 
units when one of the four inhibit relays failed to actuate 
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when commanded. The failure was never repeatable in 
any subsequent tests. Nevertheless, because of the single 
unexplained failure, the units were considered “non flight” 
and were assigned for use in the PTM spacecraft. 

3. Pyrotechnic Monitor Console 

During systems tests, operation of the pyrotechnic 
subsystems was monitored by means of special monitor- 
ing consoles (Fig. 208). When connected with spacecraft 
direct-access cables, the console provided the following 
functions: 

1. Series test circuitry enabling determination of squib 
or squib simulator continuity before and after a 
firing sequence without an inspection of the squibs. 

2. Measurement of capacitor bank and command volt- 
ages within the pyrotechnic control subassemblies. 

3. High-speed, direct-writing oscillograph recording 
of each squib-firing current pulse as it occurs. 

4. Lights indicating the firing of each group of squibs. 
(This circuitry monitors the squib-firing circuits 
continuously and provides a latched indication in 
the event of a premature, or spontaneous, squib 
firing.) 

5. Indicating lamps permitting determination of the 
position of midcourse inhibit and transfer relays. 

6. Elapsed time indicators recording total time power 
applied to thc pyrotechnic control units, secon- 
darily providing a visual indication of arming 
(power on) of each pyrotechnic control unit. 

Through thc spacecraft umbiliml connector and um- 
I)ilical junction box,  the console provides: 

1. Fnil- safe indication of the pyrotechnic su1)system 
dis ;ir mcd , or “sa fc ,” condition 

2. Indication of the. actuation of any solar p i~~icI  or 
scan p1;itforni pinpullc~r 
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Fig. 208. Pyrotechnic monitor console 

4. Field Test Kit 

The ficld twt kit (Fig, 209) is a self-po\vcrcd port;iblc 
instruttient used to dctcriiiinc the condition of thc sp1c’- 
craft pyrotcdlnic su1)systcin prior to and aftcr t h v  instal- 
lation of squibs or sqiiil) simulators, and to vclrify tha t  
the subsystem is flight-rcndy after f i n d  spacccraft flight 
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Fig. 209. Pyrotechnic subsystem field test kit 

preparation in the AFETR explosive safe facility. The 
instrument performs the following functions: 

1. Determines the voltage charge on capacitor banks 

2. Discharges capacitor banks if a charge exists 

3. Determines that all squib firing lines are continuous 

4. Accurately measures the resistance of each squib 

5. Indicates the position of propulsion transfer relays 

6. Indicates the position of propulsion inhibit relays 

within the pyro firing units 

and are not shorted or grounded 

and squib firing line 

within the pyrotechnic firing units 

within the pyrotechnic firing units 
” 
i .  Indicates the presence of an>- potential existing on 

the output of the pyrotechnic firing units 

and indicator integrity 
8. Uses self-test circuitry for battery condition, meter, 

B. Pyrotechnic Arming Switch 

1. Description 

The pyrotechnic system was unarmed prior to space- 
craft separation so that an inadvertent or spurious com- 
mand prior to separation could not cause a premature 

squib firing. The system was armed at Agena D/ 
spacecraft separation by the pyrotechnic arming switch. 
Arming was accomplished by supplying 2.4kc power to 
the system from the spacecraft main inverter. Auxiliary 
functions of the PAS were: 

1. Arming event indication to the data encoder 

2. An Agena D isolation amplifier off function 

3. Prelaunch monitoring of the switch‘s disarmed state 

4. Turn-on of attitude control subsystem 

The pyrotechnic arming function was backed up by 
the separation initiated timer, and the attitude control 
turn-on was backed up by the CC&S in the event of a 
PAS failure. 

The PAS (Fig. 210) consisted of a bank of four hermet- 
ically sealed microswitches actuated by two beryllium- 
copper leaf springs. The leaf springs rested on a pad on 
the Agena D adapter, holding the microswitches in the 
open position. At spacecraft separation, the leaf springs 
were free to move, allowing the switches to close. The 
switches and leaf springs were mounted in a machined 
aluminum housing that was bolted to the spacecraft 
lower ring. The nominal wall thickness for this machined 
housing was 0.020 in., which contributed to the low PAS 

Fig. 210. Pyrotechnic arming switch 
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weight of 43 g. A nine-pin connector was also incorpo-

rated into the housing to provide a convenient break-

point in the cabling. In addition, an arming pin was

included into the design to hold the switches in the dis-

armed position prior to mating the spacecraft to the

adapter. The pin was removed after the spacecraft and

Agena D adapter were mated.

2. Tests

A typical PAS was subjected to type-approval tests as

defined by JPL specification. During the shock and

vibration portions of the test, the switches were exter-

nally wired in series and monitored with a digital
counter to detect contact chatter. A switch staying open

for longer than 10 msec would have been cause for rejec-
tion. In the thermal-vacuum test, the PAS was actuated

by a solenoid every 5 min. The switches were "observed"
with a brush recorder to ensure that each switch had

dosed upon actuation. Approximately 3000 actuations

were performed during the 12-day thermal-vacuum test.

No failures were noted during any phase of the TA tests.

All flight units were given the flight-acceptance tests

per JPL specification. As with the TA tests, the switches

were monitored for chatter during the vibration tests and

were actuated every 5 min during the 42-hr thermal-

vacuum test series of approximately 600 actuations.

Although no failures were noted during FA tests, one

switch indicated a switch chatter duration of approxi-

mately 3 msec in the vibration testing.

C. Separation-initiated Timer

1. Functional Description

The purpose of the separation-initiated timer was to

provide two time-delayed switching functions sequenced

from spacecraft separation. The two events and their

defined tolerances were: (1) arming the pyrotechnic sub-

system at 25 sec, __+10 sec, and (2) providing solar panel

deployment command at pyrotechnic arming plus 80 sec,

±15 sec. Pyrotechnic arming consisted of a switch clo-

sure to the 2.4-kc power supply with a maximum drain of

200 ma. Solar panel deploy command consisted of a 26-vdc

pulse to the pyrotechnic SCR circuit with a duration of

20 msec minimum to 1 sec maximum. Deploy command

power was supplied externally, and pulse forming was
accomplished by capacitors in series.

In addition to the basic timing sequence, two verifica-

tion switches were added to provide (1) ground check-

out of safe condition, and (2) inflight event indication of

solar panel deploy signal. Both of these functions con-
sisted of a simple switch closure with external power

supplied.

To provide the necessary redundancy in the flight

sequence, both pyrotechnic functions were backed up

by separate subsystems. Pyrotechnic arming was
accomplished at separation by the PAS located at the

spacecraft/adapter interface. Solar panel deployment

was backed up by a CC&S relay sequenced indepen-

dently from the SIT.

2. Design Implementation

Initial mechanization mode studies indicated that four

main categories of developed devices were available,

which would provide the time-delay switching required.

The linear dashpotentiometer, in conjunction with her-

metically sealed microswitches, was chosen as being the

most reliable, having a minimum of parts and providing

adequate timing accuracy. Other devices considered

were: (1) chemical timers, which presented problems in

testing because they are one-shot devices, (2) mechanical

timers consisting of a drive spring and escapement

mechanism, which were discarded because of their

complexity, and (3) electrical timers, which require

power-supply integration.

Consideration of the preceding devices led to selection

of the spring-driven hydraulic piston as the primary
scheme. Previous in-house design, development, and

continued reliability work indicated that such a device

presented the least start-up problems. Basically, the

device shown in Fig. 211 is a scaled-down Ranger timer

with series redundancy in all sealing elements. The one

major departure from the Ranger design involves the use

of hermetically sealed microswitches in place of rotary
wafer switches. Test data from several hundred hermet-

ically sealed microswitches indicated that they have a

higher confidence level than the rotary elements of the

Ranger model, and can be tested and qualified on a

large-lot basis. Figure 212 is a view of the final switch-

deck configuration.

A review of the possible failure modes of the hydraulic-

piston type of timer was an indication of its inherent
reliability. Due to its simplicity, the normal modes of

failure are loss of fluid or blocking of the capillary tube.

The first mode of failure would result in a rapid timing

sequence, which would have no effect on the pyrotech-
nic arm but would cause the solar panel deployment

system to not respond because of insufficient charge-up

time in the pyrotechnic control subsystem. The inclusion
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of series capacitors blocked this circuit, however, and 
allowed the CC&S backup to perform its redundant 
function. The second failure mode of slow response 
would cause timing to be out of tolerance but accept- 
able. In no case did a failure compromise the operation 
of the redundant sequence. 

Fig. 21 1. Separation-initiated timer assembly 

To protect the assembly against these failure modes, 
double O-rings were installed on all static and dynamic 
seals, and filtered oil was used in conjunction with a 
large diameter capillary tube. 

Silicon oil of approximately iO00-cs viscosity, in con- 
junction with a capillary metering tube, gave the re- 
quired 2-min full stroke at room temperature. \$'here 
necessary, oil blending was used to calibrate the assem- 
bly for proper timing. Oil volume compensation was 
provided by closed-cell silicone rubber inserts on the 
low-pressure side of the piston. 

3. Installation and Arming 

During tests and normal bench handling, the SIT 
could be actuated by the removal of an arming pin on 
the timer shaft. Due to the construction of the switch 
deck, rearming necessitated resetting the switch follow- 
ers before the timer shaft could be inserted. To eliminate 
the possibility of damage during this procedure, a spe- 
cial recocking tool was fabricated that would position 
the switches automatically when it was mated with the 
timer body. 

\\'hen installed on the spacecraft, the SIT was located 
on the lower ring with the plunger oriented parallel to 
the separation plane and extending radially outward. 
Proper mating and adjustment of the timer in the limited 
access of the spacecraft adapter was accomplished 
through the use of an adjustable pad on the adapter 

Fig. 212. SIT with recocking tool engaged 

~~~~ ~ 
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side of the interface. After spacecraft matchmate, the

pad could be moved forward until pressure was removed

from the timer arming pin. This allowed automatic posi-

tioning of the timer shaft stroke. When the spacecraft

was demated, the pin could be reinserted and the pad
moved back. To recock the timer if the shaft were

allowed to extend required that the spacecraft be de-

mated to allow access for the recocking tool. Since it was

not a requirement to cycle the timer after matchmate,
this was not considered a serious drawback.

4. Test Experience

The SIT was subjected, with satisfactory results, to

qualification tests and to the flight operations imposed

during system tests. The following minor difficulties

arose during the developmental program, but none was

sufficiently serious to require a design change.

Although silicon oil, which has a low-viscosity index,

was used for the timer fluid, initial temperature cycling

tests made it apparent that the timing tolerance imposed

could not be achieved. Reevaluating the reasons for the

specified tolerances indicated that the only critical

timing necessary was a minimum of 60 sec between arm-

ing and deploy. Therefore, the nominal actuation times

were revised to compensate for the temperature depen-

dency and to allow for the worst-case separation in the

two functions. No design change was required.

In conjunction with the temperature-timing depen-

dency, tests indicated that the pressure compensation

value of the closed-cell silicone insert was marginal.

Reasonable compensation was available over most of the

temperature range, including the anticipated flight tem-

peratures, but pressure increased sharply near the upper

TA limit of 140" F. Operation was not affected, no leak-

age occurred on any assembly, and all components were

well below yield; therefore, it was concluded that no

design change was warranted.

During vibration qualification of a flight spare timer,

it was noted that switch chatter was present in one

switch; inspection of the assembly showed that the switch

was adjusted improperly. The switch deck was adjusted,

requalified, but held as a spare only. Although switch

chatter is considered a cause for rejection, it should be

mentioned that in the particular application, such an

occurrence would not cause premature actuation due to
the time constants involved.

Except for the minor problems mentioned, the remain-

ing malfunctions encountered were a consequence of

procedural error during system tests. Improper adjust-

ment of matchmate and improper use of the recocking

tool were the major contributors to assembly malfunction

resulting occasionally in equipment damage. Double

checks on written procedures and operator training ses-

sions were used to eliminate the problem.
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XV. SPACECRAFT SUBSYSTEMS: VIDEO STORAGE 

A. Subsystem Requirements 

By the fall of 1962, the Mariner Mars 1964 mission 
requirements had been sufficiently defined to indicate a 
definite need for spacecraft onboard data storage of 
approximately 5 x loG bits capacity. By that time, the 
development of a recorder with a capacity of lo6 bits 
had been completed; this recorder used one data track 
on a 300-ft endless loop and was capable of synchronous 
playback at 8% bps. At the same time, a lo' bit recorder 
was under development, which used three data tracks 
and one synchronization track on a 7Oo-ft endless loop 
and was capable of synchronous playback at low tape 
speeds. A 10' bit reel-to-reel recorder was also being 
developed. 

Because of the stringent reliability requirements im- 
posed on the spacecraft design by the %month mission, 
and the short time available for subsystem design and 
fabrication, it was decided to use a recorder storage 
system similar to those already developed, as seen in 

Fig. 213 (a) and (b). After considering the data storage 
requirements imposed by a Mariner-type mission and the 
relative progress of the lo6, lo', and los bit development 
programs, the functional specifications outlined in the fol- 
lowing paragraphs were defined for Mariner Mars 1964. 

The video storage subsystem (or recorder system) 
records digitized television data during a planetary en- 
counter or flyby, and reproduces these data at a much 
lower rate following encounter. 

The recorder system accepts fully serialized, return-to- 
zero data from the data automation subsystem at a fixed 
rate of 10.700 bps, and can store a minimum of 5.24 X loG 
bits of \-ideo data, which is equivalent to 20 television 
pictures. It reproduces, for coding by the data encoder, 
synchronous, fully serialized, nonreturn-to-zero, binary 
data at a fixed output rate of 8% bps. 

Provisions were included for operating the recorder 
system, in a limited sense, during launch. This mode of 

Fig. 21 3. Tape transport subassembly with drive motors, heads, and playback preamplifiers 
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operation terminated shortly after separation of the

spacecraft from the Agena.

The prototype design and fabrication phase was com-

pleted in February 1964. At that time, the functional and

detailed design described in this section had been com-

pleted. Since that time, the system design has remained

essentially unchanged.

B. Functional Description

1. Technical Characteristics

The technical characteristics of the video storage sub-

system are listed in Table 55.

2. Launch Mode

During the launch phase of the flight, the tape trans-

port (Fig. 213) was operated at record speed to minimize

the possibility of tape spillage, although no actual re-

cording took place. The record motor was started shortly

Table 55. Video storage subsystem technical
characteristics

Item Description

Performance

characteristics

Record bit rate

Reproduce bit rate

Bit error rate

Record mode tape

speed

Reproduce mode

tape speed

Launch mode tape

speed

Operating

temperature

range

Bit capacity of 5.24 X 10 e on two tracks of 0.25-in.

tape, 330 ft long. Additional capacity is available

in the form of wasted tape to allow acceleration

and deceleration before and after each recording

interval.

Return-to-zero data 10,700 bps.

Average 81/3 bps NRZ data. Synchronization is

achieved through the use of a phase-locked-loop

tape speed control slaved to a blt-synchronous

multiple.

Less than 1 in 104 bits, not counting errors

accumulated while establishing lock or due to

track change at end of tape.

Average 12.84 in./sec.

Average 0.01 in./sec when the system is phase-

locked. Speed w_ll normally drift down to

approximately 0.009 in./sec when operating over

erased tape as a result of losing lock.

Average 12.84 in./sec.

The recorder system was designed to operate over c

temperature range from --10 to +70°C in actual

flight. The temperature is expected to remain

between 0 and 55°C.

before launch, and continued running until after the

spacecraft separated from the Agena D. After separation,

the tape was positioned automatically to the proper

point in preparation for planetary encounter.

Launch mode control signals applied to the recorder

system through the spacecraft umbilical can set or reset

the magnetic latching relay, as shown in the launch

mode functional diagram (Fig. 214), whether gyro power

is applied to the recorder system or not. Indication of

relay position is obtained by monitoring the resistance

appearing across the two umbilical lines.

If gyro power is applied to the recorder system and

the latching relay is set by means of a launch mode on

signal, the magnetic bias relay will energize and start
the record motor. The tape is set in motion whenever the

record or playback motors are running; the record motor

always overrides the playback motor. In launch mode

operation, the record motor drives the tape at the same

speed as in record mode (12.84 in./sec), although accel-

eration to operating speed takes a longer time in launch

mode. A pulse is generated for every complete pass of

the tape by the auxiliary end-of-tape circuit as an end-

of-tape foil (spliced into the endless loop) passes over

the end-of-tape sensor contacts.

When the spacecraft separated from the Agena D, the

end-of-tape pulse was combined in an AND gate with

the Agena separation signal. The AND result was ap-

plied through an OR gate and driver amplifier to the

latching relay. This pulse reset the latching relay, which,

in turn, deenergized the bias relay, thereby removing

power from the record motor and locking out the launch

mode circuitry. After the record motor and tape coasted

to a stop, the end-of-tape foil was positioned at a point
approximately 2.5 ft beyond the record/reproduce head.

This was the normal tape position from which to start

the encounter record sequence.

In the event that separation from the Agena had not

been clean and the separation signal had not occurred

because of shorted connector pins, the record motor

would have continued running until the gyro power had

shut down. Subsequent application of gyro power to

the recorder system would have automatically reset the

latching relay by means of the delayed monopulse gen-

erator, thus locking out any further action of the launch

mode circuits. Should this relay have been reset, the tape

might not be positioned properly for planetary encoun-

ter, and recording and picture capacity might be re-

duced to as low as ten pictures.
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Fig. 214. Launch made functional block diagram

Telemetric indication of record motor shutdown after

spacecraft separation could be obtained by monitoring

gyro supply power consumption. To facilitate testing,

the signal developed across the record motor was

brought out to the OSE interface.

3. Record Mode

Application of 2.4-kc power and single-phase 400-cps

power prior to encounter energizes all sections of the

recorder system (Fig. 215 through 218), except those

associated with the launch mode. Assuming that the tape

is positioned properly, the recorder system is ready to

record at least 20 picture sequences while making two

complete passes of the tape, changing tracks after the

first pass and returning to the initial track after the sec-

ond pass. Response to record commands is inhibited

after the end-of-tape foil passes the sensor contacts the
second time.

The recorder system uses the frequency-doubled

method of encoding the tape. This code was arranged so
that there would be at least one flux reversal in each

bit cell. In this manner, the clock was contained in the

data sequences. As seen in the record signal waveforms

DAS VIDEO

_I44-.-sec NRT FRAME-_

l--o-..F.-,+
-_ p--z,', _(:

DAS START
RECORD
COMMANDS

DAS STOP
RECORD
COMMANDS

RECORD
MOTOR
POWER

I I I

ON F---L_I--1 F--L_

Fig. 215. Record signal waveforms of video

storage subsystem

(Fig. 215), a flux reversal always occurs at the bound-
aries of a bit cell. If the data indicate a logical one, a

flux reversal occurs also in the center of the bit ceil. No

reversal in the center of the cell indicates a logical zero.

The absence of a playback command signal from the

data encoder conditions the system for recording by
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Fig. 216. Encounter sequence timing

applying power to the record head drivers, as shown in

the record mode functional diagram (Fig. 218). Thus,

whenever the recorder system is not operating in the
reproduce mode, it is in the record mode and will record

or erase the tape. Spot erasure of the tape will occur

while the tape is stationary if the playback command
signal is removed.

Application of the DAS return-to-zero data pulses and

synchronization pulses in the proper phase relationship

to an OR gate and flip-flop generates the frequency-
doubled code. The signal is fed to the NRZ head drivers,

which, together with the record heads, magnetize the
tape appropriately. It should be noted that, if data and

synchronization pulses are not present, the tape will be

biased continuously in one direction or the other, a con-

dition that exists between recorder picture sequences.

The NRZ method of recording allows re-recording over

old data and/or erasure. Frequency-doubled code signals

were monitored by the OSE during testing.

DAS START IRECORD
COMMANDS

DAS STOP
RECORD
COMMAND

_ 3.6 sec 24 secON
DAS BIT OFF J

SYNC ---_ _8 p.sec

ON .
DAS VIDEO _oOFNF_ (10,700 bps)

DATA

112.84 in./sec

p o1_ 
TAE , I

VELOCITY --_ p---_2 sec =6.5 see

Fig. 217. Picture sequence timing

The start-stop-record relay applies power to the
record motor whenever it is in the start position. Control

pulses from the DAS or OSE can position the relay to
either state. The second set of contacts on the relay is

used for monitoring purposes through the integrator

monitor lines of the spacecraft umbilical interface. (This

was done to verify that the relay was in the stop posi-

tion before launch.) Should the relay be left inadver-

tently in the start position, the record motor would start

running immediately upon application of 400-cps power
before encounter. The record motor monitor will be

available in the encounter mode as it was in launch-

mode operation.

During recording, a pulse is generated for each com-

plete pass of the tape by the end-of-tape circuit as the

end-of-tape foil passes over the sensor contacts. This end-

of-tape pulse is applied internally to the track-change

and count-two sections of the recorder system and ex-

ternally to the DAS, data encoder, and OSE. In a normal

planetary encounter record sequence, the DAS ignores

the first end-of-tape pulse and responds to the second if

it occurs between the beginning of the nineteenth and

the end of the twenty-second picture sequence. The
DAS is mechanized to terminate encounter record se-

quences either upon receipt of the second end-of-tape

pulse or at the end of the twenty-second picture if an

end-of-tape pulse has not been received. This function

is backed up by the count-two-and-stop sections of thc

recorder. For telemetry purposes, end-of-tape pulses reg-
ister on an event counter in the data encoder. The end-

of-tape signal was brought out to the OSE for test

purposes, mainly to index the tape transport to the

beginning of the loop.
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Fig. 218. Record mode functional block diagram

Track changes take place whenever the end-of-tape

circuit generates a pulse. The track change circuit incor-

porates a magnetic latching relay arranged in a bistable

flip-flop configuration. Track indication was brought out

to the OSE for monitoring purposes. An umbilical track-

step command is available as well as a track-step com-
mand from the flight command subsystem.

The count-two-and-stop circuits of the recorder system

function automatically to issue a stop-record command
to the recorder and to inhibit DAS start record com-

mands upon receipt of the second end-of-tape signal.

The counter is set to zero by the first DAS start-record

command acting through a monopulse reset generator.
Further reset of the counter is impossible unless 2.4-kc

power is removed from the system. Once two end-of-tape

pulses have registered on the counter, it inhibits start-
record commands and has no further effect on the

system.

Typical picture record sequence timing is delineated
in Fig. 217. It should be noted that video data are de-

layed after a start-record command to allow the tape to

reach the proper speed before actually recording. The

tape is erased during this delay and also during coast-

down after a stop-record command. Approximately 6 ft

of tape is re-erased in this manner for each picture se-

quence. Synchronous pulses (all zeros) are applied
8 msec before data so that errors are minimized as the

system attains synchronization during the reproduce
mode.

Pictures are recorded in two sequence frames

(Fig. 216). Sufficient time is allowed for the tape txans-

port to come completely to rest between pictures. Track

change will occur normally during the eleventh picture

sequence, and storage capacity will be reached during
the twenty-second sequence.

4. Reproduce Mode

After planetary encounter, once the data have been

recorded, the recorder system will be switched into the

reproduce mode (Fig. 219 through 221) by a command

from the data encoder. Playback signals will be ampli-

fied and operated on in such a manner as to reproduce
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Fig. 219. Reproduce mode signal waveforms

the frequency-doubled code waveform that was re-

corded. Bit synchronization will be separated from the

data and compared in phase with the master bit syn-

chronization from the data encoder. These comparisons

will indirectly determine the frequency of the voltage-

controlled oscillator that dictates playback tape speed.
When the correct speed and phase are achieved, the

tape-signal-derived bit synchronization and the master

bit synchronization will be in the proper phase relation-

ship for accurate readout of the data. If a stable phase
relationship has been established, the recorder system is

said to be phase-locked. The reproduce mode may con-

tinue indefinitely after encounter, and the system auto-

matically changes tracks once for each pass of the tape.

Complete reproduction of a sequence of 20 pictures re-

quires from 8 to 10 days. Because sections of the tape
are erased between record sequences, data will not be

present at the output of the system for approximately
2 hr between picture data blocks. Provision was made in

the recorder system for detecting this condition and for
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Fig. 220. Basic peak detection scheme

automatically switching the data encoder from Data

Mode 4 (data playback) to Data Mode 1 (engineering

data).

Passage of the tape over the reproduce head gap pro-

duces a signal that is roughly the derivative of the tape

flux as indicated in the reproduce-signal waveform dia-

gram (Fig. 219). This signal, with a voltage of 50 t_v

peak to peak, is amplified by low-noise preamplifiers

located in the tape transport subassembly and routed to

the playback track switch and main amplifier. Signals

from both tracks are applied simultaneously to the play-

back track switch, which selects one signal at a time.

During checkout, the output from the main amplifier

was available at the OSE through a special monitor

amplifier.

The peak detector reproduces the recorded frequency-

doubled waveform. Figure 220 explains the basic oper-

ating principle. Peak detection is accomplished by

combining the derivative of the playback signal with the

selected peaks of the playback signal itself in a coinci-

dence gate that drives one side of a flip-flop. Similar

circuitry, using the alternate half cycles, drives the other
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side of the same flip-flop. Push-pull circuitry is used

throughout. The playback signal peak amplitude must
exceed the threshold level in order to enable the coinci-

dence gate. Output ceases if the peaks do not exceed

the threshold setting.

Separation of the bit synchronization from the

frequency-doubled code is accomplished in the
frequency-doubled/nonreturn-to-zero converter, which

contains two one-shots and appropriate logic elements

coupled with the flip-flop necessary to convert the code.

Data output from the recorder system is fed to the data

encoder inverted. Data output is available at the OSE
for test purposes.

After separation from the frequency-doubled code, the

slaved bit synchronization is divided by seven and ap-

plied to a phase comparator along the divided master

bit synchronization from the data encoder. By means of

the gated integrator circuit, instantaneous phase com-

parison occurs. As indicated in Fig. 219, the integrator

waveform follows a reset, rundown, and hold sequence.
The holding level is a direct indication of the instan-

taneous phase difference between the divided master bit

synchronization and the divided slave bit synchroniza-

tion. During initial lockup of the system, the gated inte-

grator holding voltage level may vary anywhere from

5 to 15 v. Once the lock is established, variations in

holding level rarely exceed 2 v peak-to-peak, although

a variation of 5 v peak-to-peak can occur without loss of

lock. The integrator signal is brought out through a

special monitor amplifier and the extra contacts of the

start-stop-record relay to the spacecraft umbilical inter-

face. Initial phase lock of the system is accomplished in

approximately seven phase comparisons.

The gated integrator directly controls the frequency

of a voltage-controlled oscillator whose output is divided

and applied by means of a power amplifier to the play-

back motor. The VCO has a nominal center frequency of
1512 cps, deviating --4-8% for a 10-v variation in the

gated integrator output. A center-frequency adjustment

was provided to compensate for tolerances in the overall

recorder system. Because playback-motor drive voltage

requirements may vary from one tape transport sub-

assembly to the next, the supply voltage applied to the

playback-motor power amplifier could be varied. A play-
back command from the data encoder enables the
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playback-motor power amplifier. Absence of this com-

mand signal inhibits the playback-motor power ampli-

fier and, as noted previously, switches the system into
the record mode.

Each complete pass of the tape loop generates an end-

of-tape pulse as the end-of-tape foil passes over sensor

contacts. As in the record mode, the end-of-tape pulse is

applied to the track-change circuits and is also fed out
to an event counter in the data encoder. In addition, the

end-of-tape pulse is brought out to the OSE.

The track-change circuit determines which preampli-

fier signal is applied to the main amplifier. A track

change may be triggered by an end-of-tape pulse, a

track-step command from the spacecraft umbilical, or

a track-step command from the flight command sub-

system.

5. Temperature and Pressure Monitoring

The temperature of the main mounting plate of the

transport subassembly is measured by means of a tem-

perature transducer, which is monitored for telemetry

purposes by the data encoder. Expected temperatures

of the case in which the video storage subsystem was

mounted are indicated in Fig. 222. Temperature trans-

ducer indications may be expected to lag behind case

temperatures considerably because of the inherent ther-

mal isolation of the main mounting plate.

The tape transport (Fig. 213) is a hermetically sealed

unit. Verification of proper seal was obtained by teleme-

tering the output of a pressure transducer mounted

within the transport case. A gradual pressure loss was
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expected because of molecular diffusion of the gas

through the seal elastomer. The leak rate due to molecu-

lar diffusion was directly proportional to temperature

and the pressure difference across the seal. Thus, it was

difficult to accurately predict pressure changes versus

time; however, Fig. 223 depicts an expected worst-case
plot.

52

g

Iz

w
r_
o_

3O

25

20

15__ AUNCH

I0 _'_

5

0
-2 0 2 4 6 8 I0 12 14

TIME FROM LAUNCH, months

Fig. 223. Expected pressure drop in mounting case

C. Physical Description

The video storage subsystem is packaged in four stan-

dard JPL electronic subchassis and in a hermetically

sealed unit. These subassemblies, together with the sub-

system wiring harness, are mounted in half of Case V in

the spacecraft structure.

The tape transport subassembly (Fig. 213) is also a

hermetically sealed unit, which contains the basic tape

transport mechanism including drive motors, heads, and

playback preamplifiers. The purpose of the hermetic seal

is to maintain a sufficiently high pressure inside the

transport case to prevent evaporation of critical recorder

lubricants, which start to evaporate at approximately

0.1 psi. The seal will have maintained a final pressure

greater than 3 psi at planet encounter, since the transport

internal pressure was 22 psi at the time of launch.

The transport assembly is mounted on vibration iso-

lators within its own housing in order to protect the

transport bearings from becoming "brinnelled" during

high shock environments. This approach allowed the

overall spacecraft structure to maintain its rigidity

through the hard-mounting of all subassemblies while
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providing protection to the transport bearings. In addi- 
tion, temperature and pressure transducers were in- 
cluded for telemetry purposes. 

The subchassis shown in Fig. 224 houses the major 
portion of the reproduce electronics, including the main 
playback amplifier, peak detector section, code con- 
verter, phase comparator, and output stages. 

Fig. 224. Subchassis 16A2, showing playback amplifier, 
peak detector, code converter, and phase comparator 

Fig. 226. Subchassis 16A4, showing power supply and 
record command circuits 

Fig. 225. Subchassis 16A3, showing voltage-controlled 
oscillator and playback-motor drive circuits 

Fig. 227. Subchassis 16A5, showing launch-mode 
circuitry, control circuits, and record signal circuits 
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The subchassis shown in Fig. 225 houses the re-

mainder of the reproduce electronics consisting of the

voltage-controlled oscillator and playback-motor drive

electronics. In addition, most of the record signal elec-

tronics and part of the control section are located there.

The subchassis shown in Fig. 226 contains various

power supplies that generate voltages for the recorder

system from the main spacecraft 2.4-kc power distribu-

tion system. This subchassis also contains the record

command circuits for controlling the record motor.

The subchassis shown in Fig. 227 houses the launch

mode circuitry, control circuits, and the remainder of the

record signal electronics.

The mechanical characteristics of these subassemblies

are listed in Table 56.

Table 56. Mechanical characteristics of VSS

electronic subassemblies

Subcha$$i$ Weight, Ib Volume, in. a

16AI

16A2

16A3

16A4

16A5

9.29

1.74

1.71

2.28

1.79

226.0

59.5

59.5

76.5

59.5

Total 16.81 481.0

The electrical power for the video storage subsystem

is derived mainly from the 2.4-kc spacecraft supply. The

record motor will require a special 400-cps power source

while recording planetary encounter data. The space-

craft gyro power was used during launch mode operation

to run the record motor. The 2.4-kc power supply fur-

nished 100-v peak to peak or 50-v-rms square wave. The

record mode will require 3 w, and the playback mode

will require 4 w. The 400-cps single-phase power sup-

ply will furnish 65 v peak to peak or 32.5-v-rms square

wave. The record mode will require 4.5 w for operation

and 8 w for motor start. The 400-cps three-phase power
supply (one phase only will be used) will furnish 66-v

peak to peak or 24-v-rms castled wave Launch mode
off (standby) used 0.2 w, and launch mode on used
3.5 w.

D. Development History

In September 1962, JPL issued the first specification

relating to the system that ultimately evolved into the

Mariner Mars 1964 video storage subsystem. It called for

an endless-loop tape recorder capable of storing 2 × 106

bits on one data track, operating with serial nonreturn-

to-zero input at 13,200 bps, and delivering a fully bit and

word synchronous serial noureturn-to-zero output at

81_ bps. A second track was included for recording word

synchronous data.

A recorder had been developed for JPL, with a

capacity of 106 bits. It used one data track on a 300-ft

endless loop, and was capable of synchronous playback

at 81/_ bps. At the same time, another recorder was being

developed for JPL, with a capacity of 107 bits, using

three data tracks and one synchronization track on a

700-ft endless loop, which was similarly capable of syn-

chronous playback at low tape speeds.

As the Mariner Mars data storage requirements became

better understood, it was evident that the specified

2 × 10" bit capacity would probably not be adequate,

and that at least a 5 × 106 bit capacity would be re-

quired. It was also evident that two data tracks would be

needed to keep the tape length within the range of the

then current experience. With a packaging density of

400 bits/in, per track and with two tracks, 5 × 106 bits

would require 520 ft of tape. If the system were ar-

ranged to index from track to track after each tape

passage, rather than simply to record alternate data bits

on alternate tracks, playback speed would have been

around 0.02 in./sec at 8V3 bps, and record speed would
have been near 33 in./sec. At that time, it was also

learned that allowance would have to be made for 20

starts and stops in record mode, raising the tape length
estimate from 520 ft to between 580 and 600 ft. These

parameters indicated a mechanism more similar to the

10 r bit transport. The weight of this mechanism was
considered to be a serious drawback and became the

subject of considerable further independent considera-

tions by the designers of the recorder and by JPL.

An alternate scheme was discussed, in which the two

synchronous tracks (as required in the two-data track

scheme for storing 0.5 × 106 bits discussed above) could
be used as two additional data tracks, if the data

were recorded in a frequency-doubling code rather than

as simple nonreturn to zero. This alternate led to the

consideration of a transport operating at 0.02 in./sec and

31.7 in./sec, and having approximately 300 ft of tape.
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Estimates made by the designers of the recorder indi-

cated that this new approach could result in a weight

savings of up to 5 lb as compared to the larger transport,
and JPL requested a proposal on this basis.

The technical proposal made in December 1962 dis-

cussed a transport with an endless-tape loop, approxi-

mately 300 ft in length, in which four data tracks were

to be recorded and played back sequentially. Tape

speeds were chosen as 0.02 and 31.7 in./sec correspond-

ing to playback rates of 8½ bps and record data rates

of 13,200 bps. Packaging density was to have been

417 bits/in, per track. Extra synchronous tracks were

eliminated by recording the data in a froquency-doubled

code in which a flux reversal occurred at each boundary
of each bit cell, and for a ones code in the bit-cell center

as well. Bit-synchronizing clock signals could have been

extracted from this code along with the data during

playback. "Word synchronization was unnecessary in the

system in which the recorder was to operate.

Bit-synchronous playback was to have been achieved

by using a phase-locked-loop tape speed control similar

to the scheme originally developed in the 106 bit system.

Tape bit-synchronizing pulses and dock bit-synchronizing

pulses were to have been compared in phase at spaced
intervals.

The waveform of the playback head output signal

that resulted from a crowded frequency-doubling coded

recording led to consideration of replacing the more

conventional playback-level detecting circuitry with a

passive filter arrangement, which would result in proper

spacing of signal zero crossings rather than signal peaks.

This system was believed to be capable of yielding

better signal-to-noise characteristics by taking advantage

of the frequency components of the playback signal

instead of depending merely on its instantaneous

amplitude.

Late in January 1963, the Mariner DAS/VSS interfaces

had been discussed sufficiently to present a final func-

tional interface definition between the two subsystems.

As a result of this definition, the capacity requirement

increased to 5.24 × 106 bits. Twenty stop-start cycles

were expected during recording. It was specified that

the waste tape resulting from each stop-start cycle would

be equivalent to 1 to 2 hr time in playback.

By February 1963, two major problems existed:

1. Experimental work was lending to the conclusion

that the proposed method of detecting the playback

.

signal by taking advantage of pulse crowding

effects would not work at the low tape packaging
density that had been chosen. Past success of this

method at considerably greater packaging densities

was probably due to effects secondary to a simple

relationship between the gap length and recorded
wavelength.

The question of whether the transport should be

hard-mounted had led to detailed investigation of

different mounting schemes providing the required

stiffness but allowing for suitable vibration pro-
tection.

Other subjects requiring engineering study included the

necessity of momentum compensation in the transport

and the necessity for exercising the transport during the
flight period.

Continuing work on the problem of playback signal

detection mentioned above showed that an acceptable

signal-to-noise ratio greater than 30 db could be achieved

consistently at a tape speed as low as 0.01 in./sec, with

packaging density increased proportionally to maintain

the specified bit rate. Changing the proposed system ac-

cordingly would have resulted either in cutting the tape
length in half or in reducing the number of tracks from

four to two. The second choice was felt to be the better
of the two.

Along with the suggestion to halve the tape speeds

and go to two tracks, it was proposed that the transport
be supported on vibration isolators within its own hous-

ing rather than the entire assembly mounted on iso-

lators. This system would provide JPL with the desired

stiffness and still afford adequate protection for the

transport. These proposals were accepted by JPL in
March 1963.

Even with the increased packaging density, problems

still existed with the proposed system for playback signal

detection. The system could not provide the needed

spectral response because of head rather than tape limi-

tations. Efforts were turned toward developing an im-

proved true peak detector circuit. The new scheme

involved correlating the playback signal with its own

derivative, and it proved quite successful.

E. Procurement

Under close JPL supervision, four major companies

participated in the design of the flight and ground

Mariner Mars video storage subsystems.
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One contractor performed the detailed design of the

mechanical and electrical portions of the flight system,

with the exception of the electrical power supplies, and

developed a high-reliability motor for use in the tape

transport. In addition, the same contractor fabricated

seven tape transports and one recorder breadboard system

minus the power supplies, and supplied two engineers

(one at JPL, one at the Cape) to aid in the testing and

evaluation of the spacecraft. Another contractor per-

formed a worst-case analysis of the electrical design of

the flight system and designed the flight-system power

supplies. In addition, the second contractor fabricated

one breadboard power supply and seven sets of VSS

electronics, and also furnished two field service person-

nel to aid in the testing and evaluation of the spacecraft.

A third contractor performed the detailed design and

fabrication of four VSS operational ground support sys-
tems. A fourth contractor conducted a mechanical worst-

case analysis on the tape transport. Several other

contractors participated to a lesser degree by supplying

catalog parts (modified to the JPL quality control re-
quirements) or furnished test facilities.

F. Fabrication

The flight VSS were fabricated in strict accordance

with JPL quality assurance specifications. To guarantee

that all contractors were complying with this specifica-

tion, JPL resident inspectors were permanently located

at the two major contractors' plants, and roving inspec-
tors covered the smaller contractors.

The video storage operational support equipment was

built to standard industry requirements. The equipment

was inspected for workmanship and safety by JPL in-

spectors before it was accepted.

G. Test Experience

Seven flight VSS were built and tested. All flight sys-

tems were tested under JPL supervision and had to com-

pletely pass JPL test specifications before any system

was accepted from the subcontractors. Tests on the

VSS type-approval unit were conducted at room tem-

perature, 70°C, and -10°C. The remaining six sys-

tems were tested at room temperature, 55"C, and 0*C.

During April 1963, JPL began an extensive investiga-

tion of whether or not the transport could survive the
Mariner TA shock test. Equivalent tests had been waived

in the previous development efforts. It was felt that the

capstan assembly was the most susceptible to damage;

hence, a capstan assembly and fixtures were prepared

especially for shock testing. The TA shock test was du-

plicated as nearly as possible on an impact shock-test

device. The assembly failed these tests. In each case, the

bearings brinnelled as a result of the tests.

The second major technical difficulty was that of tape

failure at the TA temperature extremes. Although the

tape had operated successfully in earlier developmental

units, it failed in this transport at 80°C apparently be-

cause of the increase in tape speed over that of the

earlier tape transports.

During the last of the formal predelivery tests on the

prototype (at 80°C), the tape jammed up on starting.

This failure led to a long continuing series of tests and

investigations of possible causes and fixes. This failure

occurred with two new conditions: (1) a long tempera-

ture soak at 80°C with the machine inoperative during

the transition from room temperature, and (2) a dry

nitrogen-helium atmosphere. Factors that had to be

investigated included:

1. Presence of helium

2. Lack of moisture

3. Increased friction

4. Bad hub size

5. Wrong hub material

6. Bad choice of tape lubricant

7. Possibility of critical tape length

8. Improper tape curing

9. Poor tape stiffness

10.

11.

Too much imbalance in thermal coefficients of

expansion

Direction of winding

Some specially made tape was procured from a con-
tractor for evaluation. Although operable throughout the

temperature range, the samples shed loose debris at an
excessive rate and could not be used. Another tape was

provided by the original tape supplier. Even with the

new tape, the upper temperature design limit had to be

changed from 80 to 700C. Contractor tests showed the

third tape to be adequate at 70°C. Later tests showed

that in the range above 700C there was little actual

performance difference between the third tape and the

original one. The transport remained limited to an upper
extreme of 700C because of the inability to start at tem-

peratures much above that point with either tape.
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Beyond 70"C and up to 80"C, failures to start were

somewhat random, although there was a definite link to
soak time.

In spite of many bench tests indicating satisfactory

life for the end-of-tape sensing mechanism, it was proved

to have seriously limited life in the prototype and the

flight units. This limitation existed not only because

the foil ceased to make good contact with the sensor slip

rings, but also because the circuit that was actuated by

the contact action responded to the multiple closures

induced by dirt buildup on the conductive foil. The

problem existed primarily at playback speed, although

there was one failure at record speed. Due to an ex-

tremely tight flight spacecraft testing schedule, a design

change could not be implemented into the system to

correct this problem. However, a telemetry track change
command was added to the control system to circumvent

operational problems that could result from the foil and

sensor difficulty in the absence of a new circuit. Trans-

ports had previously been vibrated immediately after

being mounted in the case. However, the TA vibration

took place shortly after an exposure to a temperature

shock, and the exposure loosened the fasteners holding

the transport in its case and caused failure. An improved
method of securing the fasteners was devised and ulti-

mately incorporated in all units.

During the final test phase, a large number of bit

errors was noted and attributed to noise sensitivity of

the open test setup. More exhaustive tests at JPL (in

May 1964) after delivery of the systems, revealed that

their bit error rate was excessive. An investigation turned

up a design problem in the playback data logic circuitry

leading to a tendency to generate errors favoring ones.

A solution was proposed, but was not adopted because

of the approaching launch date.

Because of recurrent problems with tape and the con-

ductive foil, it was established that tape would be re-

placed after the systems had been subjected to flight-

acceptance tests at JPL.

The serial number 5 video storage subsystem was in-

stalled in the Mariner HI spacecraft in June 1964, and
the serial number 7 VSS was installed in the Mariner IV

spacecraft during July 1964. These systems were selected

on the basis of their superior performance during sub-

system contractor and JPL testing. They functioned as

designed between the time they were installed in the

spacecraft and the respective spacecraft launch times.

Both systems operated perfectly during the launch

phases of Mariner III and IV. The Mariner IV VSS was

properly positioned for a planetary encounter sequence.
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XVl. SPACECRAFT SUBSYSTEMS: TEMPERATURE CONTROL

The temperature control subsystem is comprised of all

devices and design features used to maintain tempera-

tures within specified bounds for all spacecraft compo-

nents. Hardware included: louvers, radiation shields,

surface coatings, thermal insulation, and temperature

sensors. Design details influenced by the tempera-

ture control requirements included component place-
ment, methods of attachment, structural material and

configuration when conduction is important, and the

surface finish of the structure and components.

A. Temperature Control Subsystem Design

1. Requirements

The magnitude and distribution of solar and electrical

heat inputs, together with the thermal characteristics of

the spacecraft, determined spacecraft component tem-

peratures. It was not difficult to obtain acceptable space-

craft temperatures in the Sun-oriented condition for a

fixed solar intensity. However, short-term variations in

solar heat input occurred during launch and midcourse

maneuver due to the lack of normal spacecraft Sun

orientation, and a long-term decrease occurred enroute

to Mars due to increasing solar distance. These variations

produced corresponding changes in spacecraft tempera-

tures. A further complication was caused by temporary

increases in internal power dissipation in the bus during

the time of maximum solar heating (gyros on; midcourse

motor firing) and a decrease during minimum solar

heating (TV picture playback). Accommodating these

changes in heat input within allowable component tem-

peratures was the most significant problem of tempera-
ture control.

2. Design Evolution

Salient features of the bus temperature control design

requirements are isolation from solar heating, minimum
internal resistance to radiative and conductive heat trans-

fer, and variable emittance louvers on most electronic

bays. Protection from the variable Sun input is provided
by a multiple-layer aluminized mylar upper thermal

shield. Localized internal hot spots are prevented by the

use of good thermal conduction joints and by the treat-

ment of interior surfaces to produce high emittance.

Louvers suppress the temperature excursion caused by
unavoidable solar inputs via thermal-shield heat leaks

and radiation from the solar panels to the case faces.

External science instruments and appendages are

separately and passively controlled by surface property

selection and Sun shielding where appropriate. Conduc-

tive and/or radiative thermal coupling with the actively

controlled bus is used whenever it is possible to minimize

both transient and long-term temperature variations.

Care was taken to design around the limitations of the

solar simulator in the JPL 25-ft space chamber. The

upper thermal shield was faced with black dacron, and

thermal grey coatings were used when possible on sunlit

surfaces to render spacecraft temperatures insensitive to

simulator/Sun-spectrum differences. Sun shades were

fabricated and positioned so that the 5-deg decollimation

angle of the solar simulator was relatively unimportant

to spacecraft temperatures.

The initial temperature control design was based on

analysis of the temperature profile between Earth and

Mars and of the temperature requirements for the vari-

ous spacecraft subsystems. Solar dependency for the bus
was estimated from Mariner II flight data, and resulted

in the specification of louvers for Bays I, III, IV, VII,

and VIII. Significant changes to the preliminary design

were made during TCM testing on the space simulator,

which produced an acceptable thermal design. Major

changes in bus shielding and appendage painting were
made at that time also.

Between the TCM and PTM simulator thermal tests,

further modifications were made for a variety of reasons.

Analysis of the TCM thermal tests and PTM systems test

indicated that the mean bus temperature was somewhat

lower than that desired. Thermal design data confirmed

that changes had been made to the spacecraft, and

weight was critical. For one or more of these reasons,

the following changes were made:

1. The Canopus sensor was hard-mounted (conduc-

tively coupled) to the bus

2. Planetary scan science was radiatively coupled with

the bus by extending the lower thermal shield

3. Louvers were removed from Bays IV and VIII, and

were replaced by aluminum shields

4. Louvers replaced the shield on Bay V

5. Bay II motor shield modified
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These modifications again produced an acceptable ther- 
mal design, as confirmed during the PTM simulator test. 

Prior to the testing of the MC-2 spacecraft, a set of 
louvers was removed from Bay V and placed on Bay VI 
to accommodate the increased heat dissipation of the 
TWT RF component. Minor shield changes were also 
made to optimize flight temperatures. However, tem- 
peratures on the Ionization Chamber and the bus were 
much higher than expected. The Ionization Chamber 
anomaly was traced to a surface coating problem and 
corrected. The high bus temperatures stemmed from 
inxeased battery charger power dissipation (22-w incre- 
ment) and a Sun input (at Earth) of from 2.5 to 5 w in 
Bays I, 11, VI, and VII. The latter condition was caused 
by stray light reflectors, which had been added to these 
bays. In order to reduce temperatures to levels accept- 
able for flight, louvers were replaced on Bays V and 
VIII, and shield modifications were made to drop the 
average bus temperature. These changes produced 
the desired effect, but the Bay I1 Sun sensor was still 
operating near its upper temperature limit. 

A Sun shield was added to the Bay I1 Sun sensor 
pedestal after the test to lower the Sun sensor tempera- 
ture. Space-simulator tests of MC-3 and MC-4 verified 
the adequacy of the design, and no further modifications 
were made. 

3. Test Experience 

Temperature control testing may be divided into three 
broad categories: 

1. Space-simulator testing of the TCM 

2. Space-simulator testing of the PTM and flight 
spacecraft 

3. Supplementary and developmental tests 

Summaries of the more important thermal tests are given 
below. 

a. Temperature control model. The TCM of the 
Mariner Mars 1964 spacecraft was tested in the JPL 25-ft 
space simulator during October and h’ovember 1963. 
Figures 228 and 229 show the final test configuration. 
Ten separate tests, comprising 35 test modes, were 
conducted. The TCM was positioned in three Sun atti- 
tudes: Sun oriented, pitched 90 deg, and pitched 
180 deg. Various combinations of solar intensity and 

Fig. 228. Solar simulator illumination of TCM 

Fig. 229. TCM during space-simulator test 

internal power dissipation were tested. Modifications 
necessary to achieve adequate temperature control were 
made as necessary, and the resulting thermal design was 
tested in all flight modes. 

b. Flight-type spacecraft. A4 temperature control test of 
the PTM was performed in the 25-ft space simulator in 
April 1964. All components operated within allowable 
temperature limits, but minor changes to the bus thermal 
shield were needed to optimize flight temperatures. 
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A temperature control test of the MC-2 spacecraft was 
performed in the space simulator in July 1964. Signifi- 
cant changes to the thermal design were required during 
the test to reduce the bus temperatures to an acceptable 
level. Figure 230 shows the spacecraft in the space simu- 
lator. A temperature correlation was obtained between a 
minimum cable test (thermal test) and a normal systems 
test. The systems-test portion yielded temperatures only 
a few degrees lower than the thermal test except for units 
directly affected by sensor hoods (such as Sun sensors 
and the Canopus sensor). 

Temperature control verification tests of MC-3 were 
carried out in the space simulator during August 1964 
and tests of MC-4 during September 1964. Both space- 
craft operated within desired temperature ranges. Tem- 
perature reproducibility among flight spacecraft was 
found to be generally good, although variations did exist. 

during a worst-case midcourse maneuver. The high-gain 
antenna test was intended to reveal any focusing of sun- 
light on the feed that could result in feed burnout. The 
test results indicated no survival problems for either 
the sensor or feed. An acceptable flight thermal design 
was worked out for the sensor. 

Tests were performed in the space simulator during 
January 1964 to determine thermal characteristics of the 
solar panel structure, to experimentally obtain appro- 
priate paint patterns for the solar vane actuator and the 
attitude control jet assemblies, to verify high-temperature 
survival of the solar vanes, and to obtain absorptivities 
for various temperature control surfaces in the solar- 
simulator spectrum. All test objectives were satisfied. 

B. Thermal Shields 
1. Description 

c.  Supplementary tests. A preliminary temperature con- 
trol test of the Canopus sensor and high-gain antenna 
was performed in June 1963. The test objective was to 
demonstrate the feasibility of the Canopus sensor ther- 
mal design as well as survival capability of the Sensor 

The term thermal shields, as referred to on the 
Mariner Mars 1964, pertains to the removable passive 
temperature control shielding. The thermal shields con- 
sist of multilayer mylar blankets shielding the top and 
bottom of the spacecraft, and thin-gauge polished alumi- 
num shields on the periphery electronic cases. Not in- 

- 

Fig. 230. MC-2 thermal test configuration 

cluding the attach and support hardware, approximately 
30 of these items covered nearly 70%, of the spacecraft 
basic octagon. The complete shielding system weighed 
about 8 Ib, and contained approximately 200 parts. 

2. General Requirements 

To minimize the effect of the decreasing Sun intensity, 
the solar dependence of the bus had to be small and 
known. The upper thermal shield thus had to prevent 
solar radiation as a changing source of the bus heat 
input. The peripheral and lower shields, primarily ex- 
posed to low-temperature space, had to minimize the 
spacccraft heat loss to that sink. During midcourse ma- 
neuver, all shielding normally shaded had to be capable 
of withstanding short periods of solar radiation. Although 
thermal shielding requirements had been considered dur- 
ing preliminary design, detailed shield mounting provi- 
sions were not included in the final structure design. 
When the shields were finally defined, they had to be 
added with minimum effects on spacccraft weight, 
structure, components, and configuration envelope. De- 
sign of the thermal shields had to be compatiblc with 
the cnvironments of fabrication and handling, spacecraft 
system testing, component accessibility, and final assem- 
bly procedures. Structurally, the shields had to survive 
the launch environment, ground handling, and assembly 
oper a t' ions. 
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3. Thermal Shield Design 

To satisfy the thermal and mechanical requirements, a 
flexible-type multilayer blanket was used on the top and 
bottom of the spacecraft. The blankets were fabricated 
from wrinkled aluminized mylar sheets at a density of 
approximately 140 sheets per inch. The blanket thickness 
could be varied to achieve an optimum thermal barrier. 
Little structural support was necessary because of the 
lightweight and flexible features of the blanket design. 
The behavior of the shield allowed it to conform 
in geometrically difficult areas. The task of defining the 
shield configuration was accomplished by tailoring pat- 
terns directly from a spacecraft,as seen in Fig. 231 (a) 
and (b). These paper patterns were transferred to hard 
cardboard and then to full size engineering drawings. 
The full size paper patterns on the spacecraft allowed 
visual and physical verification of the pattern sizes. The 
non-blanket-type side shielding was easily defined by con- 
ventional engineering drawings. The thermal shields used 
for the first series of simulator tests are described below. 

a. Upper thermal-shield blanket. This blanket had to 
insulate the octagon from the solar heat input. During 
flight, the inner surface would remain at a constant near 
bus average (75°F at Earth mode), while the outer Sun- 
exposed surface would attain 260 ., F. 

The blanket consisted of 30 layers of vacuum-metallized 
%-mil mylar polyester film. The mylar was coated on 
one side only with an aluminum layer having a thickness 
of approximate ly  3.0 kin. Before assembling t h e  
aluminized-mylar sheets into blanket form, they were 
wrinkled by hand-gathering the film into a small bundle 
and crushing it. The permanent wrinkles or creases that 
resulted fractured the aluminized layer into approxi- 
mately 160 segments per square inch. The purpose of the 
crinkling was to minimize the number of point contacts 
between successive layers. (A by-product of the wrinkles 
was the loss of electrical conductivity across the blanket.) 
After crinkling, the approximately 4 X 6-ft mylar sheets 
were layed out flat, with the aluminum side in the same 
direction, to form 30 layer blankets. The blanket assem- 
bly was finished with the addition of the outside layer of 
black silicone-coated dacron cloth (Fig. 232). The cloth 
weighed 5.00 t 0.25 oz/yd.2 Neither the reflectance 
or transmittance characteristics exceeded 67; between 
wavelengths of 0.3 and 0.8 A t .  The black cloth was used 
to render the spacecraft insensitive to simulator Sun- 
spectrum differences. Other advantages of the high- 
emittance black were low surface temperatures. low 
reflectance, resistance to ultraviolet radiation, and a 
durable, easy to clean temperature control surface. 

Fig. 231(a). Blanket pattern installed on TCM [top) 

Because of material width limits, two such blankets 
were required to fabricate one complete shield. A razor 
knife was used to cut the blanket to match the paper 
pattern. All edges of the blanket were then secured by 
approximately six machine- sewn sail-type stitches per 
inch. \I'ith the addition of a nylon zipper, Velcro strips, 
and lacing flaps, that phase of the operation was com- 
pleted. The shield was then fitted to the spacecraft TCM 
for final positioning of the peripheral attach angles. 
These prefabricated 0.020-in.-thick polished aluminum 
angles were hand-sewn to the blanket and, in turn, 
attached to upper electronic case screws on the final 
spacecraft assembly. The final inspection of the shield 
took place on the spacecraft because their flexibility ren- 
dered a dimensional inspection meaningless. 

b. Retarder shield. The retarder thermal shield was 
mounted under the high-gain antenna, and formed the 
top portion of the upper thermal shield. The complexity 
of the spacecraft structure and assembly procedures con- 
tributed to the two-part upper shield. \Vhen assembled 
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Fig. 231(b). Blanket pattern installed on TCM (bottom) 
I 

Fig. 232. Upper thermal and retarder shields (TCM) 

316 

to the spacecraft, the two shields were joined together 
by a continuous lacing. The retarder shield construction 
was exactly the same as the upper blanket: 30 layers of 
crinkled %-mil aluminized mylar plus one exterior layer 
of black dacron. Although small in size (approximately 
24 in. in diameter), the shield contained 18 cutouts for 
the protruding structure plus eight flaps for lacing 
(Fig. 233). That presented the first real compromise 
between the theoretically worthless shield and the prac- 
tically possible one. The thermal shorts caused by the 
multitude of holes from sewing were thermally degrad- 
ing. One point in its favor, however, was the fact that it 
was shaded by the high-gain antenna and was not sub- 
ject to direct solar inputs. 

c. Lower thermal-shield blanket. The lower thermal- 
shield blanket covered the bottom of the spacecraft 
except for the science platform and necessary protrusions 
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Fig. 233. Retarder shield 

such as connectors, switches, and Sun sensors. The pur- 
pose of the shield was to prevent an excessive loss of 
heat to the heat sink of space. Its thermal requirements 
differed from the upper shield because the outer surface 
remained at a low constant temperature due to its space 
orientation. Heat losses through the shield were permis- 
sible, but constant and known values had to be ensured. 
Initial indications were that ten layers of mylar plus an 
outside layer of black dacron would be sufficient. The 
dacron was used on the exterior because of its durability 
for the possible exposure to solar radiation during mid- 
course maneuver. The shield was constructed using the 
same techniques developed in the upper thermal shield. 
The peripheral attachments were also 0.020-in. polished 
aluminum angles sewn to the blanket, which, in turn, were 
assembled to the spacecraft by lower case screws. In the 
center of the shield was a large hole for installing it 
around the planetary science platform (Fig. 234). The 
perimeter of the hole was secured to the spacecraft 
H-frame structure which allowed the platform to pro- 
trude below the shield. The final inspection was made 
on the spacecraft TCM. 

d. Peripheral shields (case shields). Active louver as- 
semblies were mounted on five cases, and shielding was 
necessary in the many areas left exposed. The case shields 
had to be many sizes and shapes in order to insulate the 
required areas. Their purpose was much the same as that 
of the lower shield: heat-loss reduction to a low known 
constant value. Xlultilayer crinkled aluminized mylar was 
the material used. The added stiffness of an outside layer 
of 5-mil mylar facilitated attachment (Fig. 235). Ten lay- 

Fig. 234. lower shield 

Fig. 235. Case shields 

ers of %-mil mylar and one 5-mil sheet with the mylar 
side out were sewn together in the same manner as the 
blankets. Thermally and mechanically, Velcro hook and 
pile nylon appeared to satisfy attachment requirements. 
The hook portion of the fastener was bonded to the 
spacecraft, and the pile strip was sewn to the mylar 
shield. It was possible to dimensionally define and me- 
chanically measure the case shields, and, thus, to ease 
fabrication and inspection. 

4. TCM Testing 

Based on calculations and Mariner IZ experience, 
the thermal shields were thought to be an adequate 
thermal control system. The Mariner hlars 1964 TCXl 
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simulator tests were the most comprehensive tests in the 
program. Redesign, fabrication, and installation of new 
shield components were accomplished on an around- 
the-clock schedule as the thermal characteristics of the 
spacecraft and various shielding approaches became 
known. The conclusion of the first phase of testing con- 
firmed the adequacy of the basic temperature control 
design. Subsequent tests, comprising ten separate con- 
figurations and 35 test modes, were conducted with the 
spacecraft positioned in three different Sun attitudes. At 
the completion of the TCM testing in the JPL 25-ft space 
simulator, an adequate temperature control shielding 
hardware design had evolved, Numerous mechanical and 
thermal modifications had been made in search of the 
desired results. Some of the major shield modifications 
required during the TCM test and before PTM testing 
are described below. 

a. Upper thermal shield. This shield performed to 
thermal design expectations but the blanket sustained 
damage to the inside mylar layer during assembly. A 
1-mil sheet of aluminized teflon was added to increase 
tear resistance shown in Fig. 236 (a). Inadequate venting 
of the air trapped within the blanket was noted. During 
the chamber pumpdown, the blanket ballooned because 
of internal pressure. Groups of y4-in. diameter holes 
through ten layers (and staggered in successive layers) 
provided the necessary venting. 

b. Lower thermal shield. Initially, ten layers of mylar 
with a black dacron exterior was found to be insufficient. 
Twenty layers of mylar were added, then a low- 
emittance outside layer of aluminum foil, all without 
significant change to the shield efficiency. Finally, a 
twenty-layer mylar shield, with a mylar outside layer, 
was used with successful thermal results as shown in 
Fig. 236 (b). The mylar, however, disintegrated during 
the test in which the shield was exposed to solar radia- 
tion. A l-mil teflon outside layer, which yielded the same 
thermal results, was added to remedy the situation. 
Teflon was also added to the inside for tear resistance. 
Vent holes were added in the same manner as on the 
upper blanket. 

c. Peripheral case shields. Mechanically, these shields 
assumed many configurations to accommodate the con- 
stantly evolving spacecraft power profile. Several meth- 
ods of securing them were attempted to improve their 
efficiency. The use of metal clips to attach the side 
blankets was time consuming and presented undesired 
thermal-conduction paths. The number of mylar layers 

Fig. 236. Improved blanket shielding 

and the outsidc surface emittance expericnced scvcral 
changes before desired results were rcaclied. The final 
design consisted of metal shields made of O.O12-in.-thick 
polished aluminum. These shields used existing threaded 
holes for support, and were spaced approximately 0.30 in. 
from the surface of the electronic chassis (Fig. 237). The 
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Fig. 237. louvers and metal case shield 

1-lb weight penalty incurred was justified by the me- 
chanical simplicity and thermal repeatability of the 
design. 

d. Planetary science shield. During the TCM simulator 
tests, the temperatures on the scan platform were below 
the minimum desired for operating limits at Mars. The 
uncertainty of the conduction and radiation paths re- 
quired a more positive control. A turret-type redesign 
was necessary to form a radiant coupling between the 
platform and the warmer bus cavity. A multilayer mylar 
shield of the same construction as the I O W ~  blanket was 
added to the platform. The platform shield joined the 
lower shield with a thermal labyrinth seal that allowed 
platform rotation (Fig. 238 and 239). Surface finishes 
within the shielded area on the platform were painted 
a high-emittance black to aid the radiant coupling. 

5. PTM Testing 

All modifications that resulted from the TCM simu- 
lator tests were incorporated in the PT31. Prior to accep- 
tance, all hardware had been structurally qualified on 
the ST?rl. llinor re\-isions to the case shields jvere re- 
quired during the PTXI simulator tests. These changes, 
concerning exposed octagon side areas, were made by 
relocating case shields. These substitutions prompted a 
redesign of the case shields that allou-ed multiple coni- 
binations of basic side-shield components to be used 

wherever required. The origin of mylar flakes discovered 
on the spacecraft throughout the tests was traced to 
blanket edges. Subsequent blankets were heat-cut with a 
wedge-shaped soldering iron tip at 750 and 1000°F. At  
the conclusion of PTM testing, a flight-type acceptable 
temperature control shielding system was completed. 

6. Flight Spacecraft Simulator Tests 

The first flight spacecraft thermal tests revealed that 
further modifications were necessary due to internal 
power-profile changes. One louver assembly was added 
and one was relocated to another bay. Case shields were 
also relocated to accommodate the new configuration. 
The universal design of the case shields permitted repo- 
sitioning without redesign. 

Sun shades were added to the top of the octagon struc- 
ture to minimize reflected stray light interference with 
the Canopus sensor. These shields modified the upper 
thermal blanket and resulted in large solar inputs being 
conducted into the bus. 

Inspection of the thermal shields after the system of 
the tests revealed several problems. The upper thermal 
blanket had outgassed excessively, the dacron thread 
used for sewing had shrunk, exposed mylar edges had 
flaked because of ultraviolet exposure, and system ca- 
bling had permanently deformed the shield. Any or all of 
these items could be detrimental to the flight perfor- 
mance. Before concluding the thermal control tests, a 
new top blanket with black dacron bound edges was in- 
stalled to prevent and contain mylar flaking. System ca- 
bling was removed and extreme caution was taken in 
routing the thermal test cabling. 

The test was resumed and completed with successful 
results. The upper thermal shield shrank but caused no 
adverse effects. Outgassing occurred, and the spacecraft 
was cleaned without incident. The upper shield was con- 
sidered flight acceptable as the result of ample time in 
the simulator, which ensured maximum shrinkage and 
outgassing. Subsequent tests on flight vehicles used the 
flight upper shield during the thermal portion only, 
avoiding the possibility of damage because of the addi- 
tional cabling. Spare upper blankets not used in the sim- 
ulator were subjected to thermal-vacuum cleaning in 
separate tests. This treatment consisted of installing the 
shield on a bus structure in a 6 X 7-ft vacuum chamber. 
The blanket was then heated by 250-w infrared lamps 
(Fig. 240) to 300"F, and cured for 24 hr at 3 X lo-: torr. 
The blanket materials were successfully outgassed and 
preshrunk. 
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Fig. 238. lower shield (platform turret) 
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Fig. 239. Turret labyrinth seal 

C. Louvers 

1. Functional Description 

The purpose of the temperature control louvers is to 
provide an active means of controlling the spacecraft 
thermal environment by varying the effective emittance 
of the non-Sun-oriented surfaces of the spacecraft. The 
requirement for active control was established early in 
the program when it was determined that completely 
passive techniques could not account for the fluc- 
tuations in internal power dissipated and the change 
in solar intensity. As the spacecraft definition progressed, 
it became clear that the degree of active control neces- 
sary was dependent on the constantly changing internal 
power profile, and that an optimum balance of passive 
and active control could not have been established until 
late in the design phase. The resultant philosophy was 
to establish a single louver assembly design and to pro- 
vide an adequate mounting interface with each elec- 
tronic chassis. The final decision as to which electronic 
assemblies would require active control could have been 
made late in the program wit11 a minimum effect on the 
sys tern. 

Fig. 240. Thermal-vacuum cleaning of upper 
thermal shield 

Based on Mariner II experience, louvers were selected 
as the active control technique with defined operating 
temperatures of 55" F (fully closed) to 85' F (fully open). 
Acceptable performance limits for the defined operating 
area were set at  'i-w maximum dissipation at an average 
temperature of 50"F, to 46-w minimum dissipation at an 
average temperature of 90°F. 

2. Design Implementation 

u. General design. ,4s ultimately defined, the Mariner 
Mars 1964 spacecraft has six electronic subassemblies 
fitted with temperature control louvers (Fig. 241). The 
louver area on each assembly is 1.4 ft', giving an approxi- 
mately S.4 ft' total active control area for the spacecraft. 
(Mariner II carried only 1.25 ft' of louvers.) 

A louver assembly consists of 22 louvers driven in 
pairs by 11 spirally nTound bimetallic elements. Separate 
actuators, rather than a ganged linkage, were chosen to 

321 



JPL TECHNICAL REPORT NO. 32-740

o

o \,x;_

_J
-- Xg_

f_f

/r,_ _-

-=-=.
SECTION _-_

POSITION

CONNECTOR

(--

F--

FPOSITION [--"
ADJUS'PMENT

[_ OPEN POSITION _ --

THRUST LOUVER SHOWN IN FULLY

BEARING _._

-- _- LOUVER SHOWN IN FULLY

-LOUVERS SHOWN CE --_ POSITIO iAT 45-deg OPEN

POSITION / II /

F-
,

LOUVER __ /d

I

I

I
i
r

J

BIMETAL ACTUATOR

_MYLAR INSULATION

,/

-- -/4 _

//

/

_----/

/'

i

//

/_ ELECTRONIC CHASSIS

...... OUTLINE

Fig. 241. Assembly view of Mariner Mars 1964 louvers

c

c

E

c

]

322



JPL TECHNICAL REPORT NO. 32-740 

increase the reliability inherent in independent actua- 
tion. These driving elements are situated in a housing 
located down the center of the electronic chassis, and 
are insulated and shielded to provide radiation COU- 
pling to the face temperature of the chassis. The bi- 
metallic actuators are sized to provide 90-deg rotation 
for 30" F temperature change. Although bearing friction 
in a zero acceleration field should theoretically be negli- 
gible, consideration for free deflection position error, 
under a reasonably assumed retarding torque, placed a 
tolerance of & 5-deg error in position on the design. The 
resultant error in equilibrium temperature could have 
easily been ignored. 

b. Bearing design. Bearings used as louver pivots con- 
sisted of a glass-filled teflon material that is machinable, 
dimensionally stable, and resistant to changes in friction 
due to the vacuum environment. The outer bearing hous- 
ing consisted of the filled teflon sleeve running on a 
hard-anodized aluminum shaft with adjustable end play 
being provided by a teflon thrust pad. The inner bearing 
support consisted of a filled teflon spool, which was 
also the bimetal actuator anchor running on the hard- 
anodized bore of the actuator housing. The louvers 
were fitted with square splined nylon stub shafts that 
mated with the actuator spool, which thus allowed 
louver removal without actuator disassembly. The use of 
hard anodize as a bearing surface against teflon was a 
decision based on vacuum data, which indicated that 
unprotected aluminum shafts, when run in conjunction 
with a teflon bearing,could possibly suffer an increase 
in friction as the bearing became impregnated with for- 
eign debris. i l s  a further protection against seizure, bear- 
ing clearance was allowed to be quite sloppy (0.003 to 
0.004 in. in both radial clearance and end play). 

c. Structure design. Due to the large number of louvers 
on each spacecraft, considerable effort was expended to 
develop a lightweight louver. As a result of analyses 
and tests, the final configwation consisted of a thin-wall 
aluminum tube with two O.OOj-in.-thick aluminum cover 
sheets bonded to form a narrow box section. The adhe- 
sive used was a high-strength flexible epoxy. 

The resonant frequency of a single louver was found 
to be approximately 400 cps; howeiyer, skin thickness 
could not be reduced below this becausc of the high 
probability of damage from the handling necessary. A 
considerable weight sai,ings was realized in the actuators 
by using radiation coupling in place of the hea-ier con- 
duction coupling used in the Mariner Venus 1962 design. 
As a result of this change in philosophy and other 

weight savings, the Mariner Mars 1964 louver assem- 
bly weighed approximately 1.02 Ib/ft' of active area as 
compared to the 1.73 Ib/ft* for the Mariner Venus 1962 
design. 

d .  Position transducer design. As a crude indication of 
proper louver operation, angular position telemetry was 
provided on the center louver actuator in the form of a 
semiconductor strain gauge. To be compatible with the 
telemetry channel input, a high-gain 500 Q gauge was 
bonded to the bimetal element and calibrated to give 
approximately 80 CI variation when the bimetal was 
flexed the equivalent of 90 deg at the shaft. Since these 
semiconductor gauges are extremely temperature-sensi- 
tive, it was necessary to calibrate each assembly in sev- 
eral failure mode louver positions and to correlate the 
resultant reading with the chassis temperature trans- 
ducer. The estimated accuracy of the engineering mea- 
surement was therefore approximately F 15 deg. 

e. Asseinblyinstallation. Due to the fragile nature of 
the assembly, numerous attaching screws were used to 
align the louver frame to the electronic chassis. Louver 
blades were then installed individually when a test or 
flight buildup was scheduled. This procedure was later 
altered to incorporate a ground handling protective cover, 
which was installed on the completed chassis buildup 
after it was concluded that damage was likely if the 
louvers were repeatedly handled. Figure 242 shows 
the louvers installed on the spacecraft. 

3. Test Experience 

Following the initial development tests to prove the 
adequacy of the bearing and louver blade design, 41 

Fig. 242. louvers installed on spacecraft 
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louver assemblies were fabricated and subjected to the

appropriate type-approval and flight-acceptance tests. No

structural failures resulted from any of these tests. Func-

tionally, louver performance was within the specified

limits with the measured power dissipation for the TA

assembly at 6.9 w at 55°F (fully closed) and 52.6 w at

80* F (fully open).

Later TCM tests indicated that not only were more

than the five originally anticipated louver assemblies

required, but also the internal power distribution neces-
sitated that four of the six assemblies be recalibrated to

be fully closed at 60°F instead of the originally specified

55"F. The standard louver assembly configuration and

the adjustable range actuator allowed these changes to

be made with no design change or retesting required.

Later verification during vacuum-simulator tests of the

flight spacecraft indicated that the redefined quantity

and temperature range was satisfactory. The early flight

data on Mariner IV has confirmed proper operation with

the chassis temperature and corresponding louver posi-

tion telemetry in direct agreement.

D. Surface Finishes and Materials

The overall thermal design and temperature control

surface selection approach was basically conservative.

Margins for uncertainty in surface property measure-

ments and behavior in space were allowed, both in

design and surface selection. Exotic, unproven, irrepair-

able, and easily damaged materials were not considered

for use. For example, vacuum-deposited aluminum has

properties somewhat superior to those of polished alumi-

num surfaces. However, the cost of repair in dollars,

schedule, and component reliability in the event of

damage, far outweighed the advantages of using vacuum-

deposited aluminum. The validity of this conservative

philosophy in surface selection was verified during test-

ing when a space simulator incident deposited substan-

tial amounts of oil on the MC-4 spacecraft thermal

surfaces. Nearly all of the surfaces involved could have

been, and were, adequately cleaned to ensure reliable

mission performance.

1. Surface Selection Criteria

The criteria for selecting temperature control coatings

included the proper combination of radiative properties

and reliable behavior in the space environment as well
as satisfactory performance in the terrestrial environ-

ment. The latter criterion includes durability and clean-
ability for handling, behavior in a simulator, and

behavior in space as affected by prelaunch conditions.
While severe terrestrial conditions were not considered

(i.e., long outdoor exposure or salt spray), the problems

connected with fabrication, handling, and assembly were

real constraints. For example, bare aluminum can gen-

erally be used without surface protection, while bare

silver, although satisfactory in the space environment,

will tarnish in the terrestrial environment. Many sur-

faces (such as the exterior surface of the chassis) were

painted before the installation of components, compo-

nent testing, spacecraft installation, and final testing.

Thus, there was ample opportunity for damage to the

temperature control surface or contamination thereof

that could result in poor performance in space.

While not a general constraint, response to simulator

spectrum mismatch was considered in the design, and
was the basis for the selection of rhodium plate instead of

gold plate on the attitude control jets.

2. Applications

a. Metals. Bare metals such as aluminum, silver, gold,

and rhodium have low solar absorptance, low emittance,

and, therefore, behave as thermal isolators in minimizing

both the absorbed solar energy and the energy radiated

from the vehicle to space. Metallic surfaces other than

aluminum (e.g., magnesium, copper, stainless steel) are

normally gold-plated to provide either low emittance,

corrosion protection, or both. These surfaces can then

be painted to increase the absorptance or emittance as

required.

In the case of the attitude control jets, a lower emit-

tance was required than was obtainable from bare
stainless steel, and it was planned to establish the tem-

perature control design from simulator tests. Therefore,

rhodium plating was selected in preference to gold, since

it was a thermally grey metal and, therefore, much less

sensitive to simulator spectrum mismatch than gold.

b. Conversion coatings. A commercial conversion coat-

ing designated Dow 7 was used on machined magnesium

parts in which a high emittance was desired or emittance

was unimportant to the thermal design. The process was

controlled by matching material being coated to a color

reference sample known to produce a minimum emit-

tance of approximately 0.70. In addition to this minimum
emittance, the conversion coating provided a degree of

corrosion protection.

A brush-on conversion coating designated Dow 19 was

used for repair and touch-up of remachined areas. Since
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the Dow 19 provided a very thin coating, emittance of

approximately 0.2 resulted. Its use was limited to situa-

tions in which, either by reason of the thermal design

requirements or due to the small area ratios involved,
this low emittance was not a detriment. The Dow 19 low

emittance, and the degree of corrosion protection pro-

vided, was used to advantage on the areas adjacent to

the spacecraft feet that mated with the Agena adapter.
A low emittance was desirable to minimize heat loss

from those areas.

Instrument design and calibration of the Ionization

Chamber required that temperature control be achieved

without adding significantly to the particle absorption

properties of the sphere. A conversion coating for the

stainless-steel ball was used to produce an _ _ 0.90 and

_ 0.70. It permitted satisfactory temperature control

without adversely affecting the instrument performance.

Because this was a passive conversion coating, the prop-

erties produced were extremely sensitive to initial metal

surface conditions. In order to provide reproducible uni-

form properties, the surface was liquid-honed prior to

application of the conversion coating.

c. White paints. Faces of the basic chassis, under the

louvers, required only a high emittance for cruise condi-

tions. However, it was necessary to minimize the solar

load input during pre-Sun acquisition and midcourse

maneuver operation. This could have occurred when sun-

light fell on the faces of the chassis. Since the maximum

exposure time was less than 10 hr, long-term ultraviolet

stability was not a prime concern. The original thermal

design included the use of an inorganic white paint on

the chassis faces. This inorganic paint was primarily

developed for ultraviolet stability and had a low solar

absorptance and a high emittance. After painting the

initial TCM hardware, it became apparent that extreme

precautions would be required in order to provide reli-

able adherence to the large surface areas. Reevaluation

of the thermal requirements indicated that an organic

paint with a slightly higher solar absorptance and some-

what lower emittance, but with far superior adhesion and

durability properties, would perform satisfactorily. This

paint was subiected to ultraviolet tests and found also to

be suitable in some sunlit applications for the Mars mis-

sion spacecraft_including the high-gain antenna feed and

the Solar Plasma Probe. The inorganic white paint was

used only on the Cosmic Ray Telescope radiator in which

the extremely high emittance and low solar absorptance

was critical to the instrument operation.

d. Black paints. The back sides of the solar panels were

originally painted with a satin-black polyurethane paint,

which had been successfully used on both the Mariner

Venus 1962 and Ranger programs. Subsequent problems

with stray reflections into the Canopus sensor required

that the paint be changed to a gloss black. Since some of

the panels had already been painted, they had to be re-

coated with gloss black in order to provide the required
texture.

Most of the internal components of the spacecraft were

coated with a flat-black epoxy paint. This material had a

high emittance and therefore provided maximum radia-

tion coupling internal to the basic spacecraft structure.

e. Other paints. Metal-filled paints have a solar absorp-

tance to emittance ratio approximately equivalent to that

of black paints. However, since both the solar absorp-

tance and emittance metal-filled paints are substantially

lower than that of black, thermal transients during an

eclipse period are substantially reduced. Since the prop-

erties of the paint used were sensitive to handling, the
applications were restricted to the areas that could either

be adequately protected from damage or readily repaired.

The high-gain antenna presented an interesting tem-

perature control problem. It was necessary to maintain
the maximum temperature below the limits of the adhe-

sive used in the honeycomb fabrication and to provide

optimum temperature for minimum thermal distortion at

planet encounter. The surface coating also had to be able

to avoid concentrating reflected solar energy on the an-

tenna feed if the Sun should become incident along the
parabolic axis.

A black paint would have produced temperatures in

excess of the structural limits of the antenna at launch,

and a white paint would have resulted in low tempera-

tures with accompanying thermal distortion at Mars.

Poor lateral thermal conduction of the thin-gauge skins

eliminated the possibility of a practical mosaic approach.

Greys formulated with combinations of white and black

pigments were difficult to control in addition to being

subject to ultraviolet darkening in space.

It had been reported that chrome oxide pigmented

paints have a solar absorptance of approximately 0.70

(the desired value) and are stable to ultraviolet. A spe-

cial chrome oxide pigmented polyurethane paint was

formulated. In addition to the proper radiative proper-

ties, a primary criterion for selection was that certain

characteristic spectral reflectance properties exist in the

4000 to 6500 A region, particularly in the reflectance

peak at 5000 to 5500 A. Ultimately, this material was

used on the front face of the high-gain antenna dish as
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well as on the omnidirectional antenna ground plane and
the Ionization Chamber Sun shade.

f. Shield materials. An initial thermal design constraint

was that the outer layer of the upper thermal shield be
insensitive to differences between solar and simulator

energy distribution, and that it not produce appreciable

reflected thermal inputs to other portions of the space-

craft. Since the preliminary design of the spacecraft

superstructure required that the upper thermal shield

conform to a compound curvature, coated fabrics were

not initially seriously considered. Pre-formed black poly-

meric materials, which could withstand the temperatures

produced by an insulated black surface (approximately

260°F), were considered for this application. However,

when the superstructure design was finalized and the

compound curvature eliminated, a tailored fabric ap-

proach to the upper thermal shield became more prac-

tical than the pre-formed teflon concept. Samples of a

dacron fabric coated with a black-pigmented silicone
rubber were obtained and evaluated. It was found that

the coated fabric contained substantial amounts of vola-

tile materials, and it was necessary to precondition the

material prior to fabrication into thermal shields. Subse-

quent chamber testing revealed that this preconditioning

was not sufficient to completely outgas the material, and

additional conditioning was performed on the fabricated
shields.

While minimum emittance would have been desirable

on the outer layer of the lower thermal shield, the possi-

bility of incident solar energy during maneuver pre-

vented the use of aluminized polymer films with the

aluminum side as the external surface. Therefore, it was

necessary to provide an outer layer that would have at
least a moderate emittance. It was estimated that lf,-mil

aluminized teflon would have an emittance nearly equal

to 0.40 and would be suitable thermally. However, a/.,-mil

film has poor tear resistance and is extremely difficult to
handle. Therefore, 1-nail aluminized film with emittance

nearly equal to 0.60 was used as a suitable compro-
mise of acceptable physical properties and moderate
emittance.

It was originally planned to wrap all cabling external

to the basic structure with aluminized mylar strips with
the ahnninized side out. This configuration resulted in a

minimum ahsorbed solar energy and minimum radiation

to space. A fortunate accident occurred when part of the

cabling on one of the flight spacecraft was wrapped
with the mylar side of the strip out. The ultraviolet

radiation in the space simulator resulted in catastrophic

disintegration of this material. Further investigation re-

vealed that the tape with the aluminum side out had also

been embrittled, which indicated a potential problem in

this area. The damage was apparently due to penetration

of ultraviolet through discontinuities in the aluminum

film. These discontinuities resulted from local damage to

the aluminum film during tape application to the space-

craft cabling. As a substitute, aluminum-coated pigmented

tedlar appeared to be a logical choice. It was known

that tedlar was less sensitive to ultraviolet physical dam-

age than mylar. Commercially available white tedlar

contains a pigment that is a strong absorber of ultra-

violet. Therefore, any ultraviolet radiation that could

penetrate the aluminum coating would be stopped in the

very shallow depth of the film and would not be permit-

ted to penetrate and create physical damage at any sig-
nificant depth. Extensive tests verified the suitability of

this solution, which was the one chosen.

E. Absorptivity Standard

1. Background

One of the problems that was recognized with the

Ranger and Mariner Venus 1962 spacecraft designs was

the difficulty encountered in interpreting the tempera-

ture data that was collected during flight in order to aid

in the design of later spacecraft. With the limited num-

ber of measurement channels, it was possible to deter-

mine only the condition of the spacecraft and to indicate

the adequacy of the temperature control subsystem. For

example, it was clear that the Mariner II flight tempera-

tures were much higher than expected (based on analysis

and testing in a space simulator),yet,from the data that

was received, it was not possible to actually isolate the

cause of the problem. A number of effects or combina-
tion of effects could have caused the same observed

condition.

In the Mariner Mars 1964 design, two steps were taken

toward solving the problem. First, a significant increase

in the number of temperature measurement channels was

made possible by further subcommutating the data en-

coder. The time interval between data samples was

increased considerably, but this was not considered to be

a severe compromise because the temperatures during

the long cruise to Mars would change very slowly. The

second step taken to improve the data reduction capa-

bility provided a means of separating the variables asso-

ciated with the spacecraft temperature. The temperatures

depended basically upon three things: (1) the internal

power dissipated by the electronics, (2) the amount of
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energy radiated to space, and (3) the amount of energy

absorbed from solar radiation. There was already a
significant number of measurements that would have

indicated the status of the various subsystems of the

spacecraft and given an indication of how much elec-

trical power was being consumed. The energy emitted
from the spacecraft was primarily through the electronic

bays and this was regulated by thermostatically actuated
louvers. One louver blade of the set on each of three

bays was instrumented to telemeter the opening angle,

with care taken not to degrade the performance of the

individual blades. Based upon ground tests, it would

have been possible to estimate the heat radiated to space.
From the louver position readings and the electrical

power measurements, it was anticipated that the prob-

lems associated with these two variables, which might

have affected the temperature control subsystem, could
be identified.

The solar radiation absorbed was the largest thermal

input to the spacecraft temperature control subsystem,
particularly the appendage items to the bus, and, unfor-

tunately, was the most difficult to determine. To give a

positive measurement of this input, an instrument was

designed to measure the energy absorbed by typical sur-
faces used on the spacecraft. The case of an insulated

flat plate in sunlight was selected as being the most

useful measurement within the scope of a number of

constraints that were imposed. With a sample surface

radiatively and conductively removed from the space-
craft, it was possible to isolate the effect of the solar

radiation on the temperature control of surfaces.

2. Design Constraints

It was necessary to recognize the relative importance

of this instrument, later named the absorptivity standard,

in the design of the spacecraft. Although valuable for

evaluating the performance of the temperature control

subsystem, the absorptivity standard would probably not

provide any inflight information that would improve the

chance of a mission success. A possible exception to this

was the case in which one spacecraft was launched and

a temperature control problem was observed before the

second spacecraft was launched. However, when consid-

ering the difficulty of adjusting anything on the space-

craft during the relatively short launch opportunity, this

possibility appeared to be unlikely. With the relative

importance on the spacecraft determined to be secondary

to mission success, a number of other constraints logic-

ally followed. If the absorptivity standard had begun to

compete with more such important areas as the tempera-

ture control of the spacecraft due to weight, schedule, or

manpower requirements, its priority would deafly have

been secondary. This priority, in turn, would have de-

manded that any interface with the spacecraft be mini-

mal. Specifically, no special circuitry was to have been

required by the data encoder, no electrical power was to

have been used, the weight was to have been limited

to approximately 1 Ib, and it was generally not to com-

promise the spacecraft design in any way. In addition,

the instrument was required to meet the type-approval,

flight-acceptance, and quality-assurance standards re-

quired of any flight item.

The encoder constraint dictated that its interface be

identical to the other standard temperature measure-

ments. A major problem turned out to be associated with

the uncertainties in the standard flight-temperature mea-

surements. An initial investigation of the accuracy re-

quired of the temperature measurements precluded any

significant absorptivity data. Subsequently, a method

was conceived that permitted a limited number of

flight-temperature measurements to the precision re-

quired. This was accomplished by telemetering the

action of a thermostat rather than by a direct measure-

ment of temperature. Within the weight constraint of

approximately 1 lb, it was possible to measure the ab-

sorptance of four samples. A black sample was included

as a measurement of the intensity of the solar radiation

and to provide information on the stability of Cat-a-lae

black paint after prolonged exposure to the space envi-

ronment. A sample of the most stable JPL white paint

was included because of the rather large uncertainties

associated with that type of surface. White surfaces are

known to yellow after prolonged exposure to ultraviolet,

but the magnitude of such a degradation is not known.

A sample painted with aluminum silicon paint was in-
cluded for similar reasons, and also because it would

give an indirect indication of the temperature of the

attitude control jets located at the tips of the solar panels.
The fourth sample was one of polished aluminum, which

was included primarily because of its wide use on the

spacecraft as a temperature control surface. It was also

included as a verification that the ground test with ultra-
violet, proton, and electron bombardment of these sur-
faces was valid.

3. Detail Design Description

Ideally, each sample surface should have been a fiat

plate that absorbed solar radiation and emitted radiant

energy from the front face only (i.e., perfectly insulated

on the edges and the back). The absorptivity standard

was designed to isolate the sample surfaces from radia-

tion and conduction influences of the spacecraft. The
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Fig. 243. Absorptivity standard

sample surface in Fig. 243 is located on the end of a

polished aluminum cylinder, which encloses the tem-

perature transducer. The sample cylinder was mounted

in a double conical support. Resistance to conduction

was achieved by providing lightening holes in the cones

and fabricating the support from plastic. Lexan, a poly-

carbonate plastic, was chosen for its high strength and

low conductivity. All lexan parts were coated with vapor-

deposited aluminum to achieve a low emissivity.

The support cones were sandwiched between the

lexan cover and the aluminum mounting ring. The cover
served to block radiation(from sources other than the

Sun_ from reaching the sample. In addition, the lip over-

hanging the sample surfaces prevented stray and re-

flected sunlight from reaching the cavity between the

sample cylinder and the support. The four sample assem-

blies were mounted in a row on a lexan base, which, in

turn, was located on the spacecraft upper ring structure

above Bay I (Fig. 29).

The sunlit areas of the covers and base were painted

to give temperatures close to the sample temperatures in

order to reduce gradients and, therefore, heat exchange

with the sample. To reduce radiation interchange within

the sample assemblies, the support cone was wrapped

vTith aluminized mylar, and disks of aluminized mylar
were laid on the base. The wires from each sensor were

wrapped around the support structure to prevent any
heat losses through the wires from originating within the

sensor itself.

The temperature sensors were each composed of four

mercury thermometers and 13 precision resistors encap-

sulated in a glass-filled potting compound. Each ther-

mometer had four platinum wires passing through the

glass wall to the capillary passage. Each thermometer

was pressurized to 200 psi with hydrogen to reduce

vibration sensitivity. The outer ends of the platinum

wires were connected to rings, to which the circuitry was

soldered. A typical sensor circuit is shown in Fig. 244.

Combinations of 5, 10, and 15 _ resistors bridged adja-

cent rings of each thermometer, and the thermometers
were wired in series with a 500 _ resistor. As the sensor

cooled or heated, the mercury in each thermometer re-

ceded or advanced, progressively making contact with

fewer or more platinum wires. When the mercury thread

bridged two wires, it shorted out the connecting resistor.

Because the temperature at which the mercury touched

or withdrew from a wire was known to 0.1*F, the step

:Tsn
=_ DATAENCODER I

258
deg

235

I
208

I
180

deg
155

130

Fig. 244. Typical absorptivity standard sensor circuit
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Fig. 245. Sensor signal vs temperature

change in resistance of the sensor signaled a specific tem-

perature. With three such steps per thermometer, a total

of 12 temperature points per sensor was provided

(Fig. 245). The total resistance range of each sensor was

500 to 600 fL which was compatible with the data en-
coder constraint.

The four samples, as mounted on the absorptivity

standard, are shown in Fig. 243. A black stripe was

added to the white sample to raise the temperature suffi-

ciently to prevent freezing of the mercury in the ther-

mometers as the spacecraft receded from the Sun. A

white stripe was added to the polished aluminum to
decrease the sample temperature at the Earth solar in-

tensity to a level compatible with the polycarbonate

plastic. The predicted temperature histories for ideal fiat

plate samples are shown in Fig. 246.
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Rg. 246. Predicted temperature history of ideal

flat plate samples

4. Early Flight Results

The data up to the midcourse maneuver demonstrated

that the absorptivity standard on Mariner IV was per-

forming properly. All data numbers seen following

launch and during midcourse were of nominal values

and in the proper order. Two data points were seen

during the steady-state cruise between launch and mid-

course. The white sample warmed up one data step,

although the solar intensity was decreasing. This was

indicative of an increase in the solar absorptance of the

white paint, and was substantiated when the polished

aluminum sample also warmed one data step. The

degradation of its white stripe more than offset the de-

crease in solar radiation intensity.
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XVIh SPACECRAFT SUBSYSTEMS: ELECTRONIC PACKAGING AND CABLING

A. Packaging Design

The packaging program objectives were to develop a

structurally efficient, compact, and highly flexible design

for the spacecraft electronic equipment, and, in addition,

to develop techniques for mounting and interconnecting

electronic components to provide the capability of sur-

viving the rigors of launch and flight environments.

The structural efficiency in electronic packaging was

obtained through an integrated design. Electronic equip-

ment subchassis provided mounting and interconnecting

planes for the electronic components and stiffened the

electronic assembly chassis. The electronic assemblies,

together with the spacecraft frame, formed a rigid octag-

onal electronic equipment compartment.

The electronic-equipment design flexibility was ob-

tained through standardized assembly and subassembly

configurations. The electronic subassemblies were of

standard profile, which allowed them to be located in

any assembly of the electronic equipment compartment.

The spacecraft packaging layout is shown in Fig. 247

and 248. Thus, with profile established, the subassem-

bly and subsystem packaging design proceeded inde-

pendently of final location in the spacecraft. Different

packaging techniques or different cordwood module and

component sizes were readily accommodated by varying

the subassembly width.

B. Subassembly Development

Within the above packaging constraints, two types of
basic electronic subassemblies were considered. Each

had the same basic subchassis structure but differed in

interconnecting cabling technique. One type (used on

Ranger and Mariner Venus 1962) required a flexible
cable harness to the subassemblies for electrical inter-

connections. The other type (developed for Mariner A

and Mariner B) had the interconnect harness fixed to the

assembly chassis and the subassemblies plugged into

the chassis cable assembly. The plug-in technique was
favored because it would have eliminated the need for

flexing the cables and ensured straight mating of con-

nectors through guide pins. However, the requirement
to use as much equipment designed for the Mariner

Venus 1962 spacecraft as possible led to the final selec-

tion of the Mariner II type subassembly construction, as

shown in Fig. 249. Although this figure shows compo-

nents on printed wiring boards, the cordwood packaging

techniques were readily adapted to the same basic

configuration.

C. Electronic Assembly and Chassis Development

In previous spacecraft, the electronic subassemblies

were mounted as gussets in a pan-shaped assembly
chassis and then bolted to the spacecraft on a single

mating surface. In Mariner Mars 1964 spacecraft, further

structural integration of electronic subassemblies was

accomplished by using open-ended chassis, which im-

proved the structural efficiency by eliminating redundant
structures. The assemblies were placed inside the frame

and were bolted to the frame on external peripheral and

internal mounting flanges.

During the early spacecraft development, magnesium
and aluminum chassis were evaluated in two center-

section configurations: the T-section and the flight
box-section. The first vibration tests were conducted on

a rigid fixture (Fig. 250) to evaluate the relative advan-

tages of these materials and configurations, and to
determine the chassis wall thicknesses. The test results

indicated that the rigid vibration fixture provided such

an overriding support to the chassis that the various

chassis geometry and materials made little difference in
the vibration responses within the subassemblies. Sched-

ule requirements forced a conservative design selection

of the 0.100-in.-thick wall magnesium center box-section

configuration.

A new fixture was fabricated using spacecraft struc-

tural rings and simulating the stiffness of half of the

octagonal electronic-equipment compartment. In this fix-

ture, tests were continued to determine the effects of

chassis lightening. In successive steps, the base wall
thickness was reduced in local areas to 0.050 in., the

mounting flanges were radiused around the fastener

attach points, and holes were added to the four webs,
which reduced the chassis weight by 19_. The lightened

chassis is shown in Fig. 251. Repeated tests showed only

small changes in acceleration levels at resonance be-

tween the light and heavy chassis. These tests indicated
that some of the material remaining was not needed, but

further lightening was restricted by machinability and

fragility in handling. Observations were made (by means

of a stroboscopic light) during the tests, and acceleration
measurements were taken. The results indicated that the

vibration environment within the subassemblies was

330



ELECTRONICS

SCAN

HARNESS

AND TRANSFORMER-
RECTIFIER

SCAN

ELECTRONICS

TV POWER SUPPLY

TV ENCODER

DEFLECTION
CONTROL

SUBASSEMBLY

VIDEO CHANNELS
AND COMPUTER
SUBASSEMBLY

TO MAGNETOMETER FCASE HARNESS
SENSOR _ ASSEMBLY

IMAGNETOMETER _/

HARNESS -- /

I!

_ o o ! !

" (/I

/i \ ,

°' _

/h i

;I 12

/1_# SENSOR _/ /- L SM NESS
TO PLASMA P A A HAR

I

/---- PLASMA

_ lal_,iSF ELECTRON,CS 3

\;

oI

\i
4

/-DATAsYSTEMAUTOMATIONHARNESS K"-- CHASSIS ASSEMBLY

DATA AUTOMATION
SYSTEM POWER

o SUPPLY

"_--_--BUF FER MEMORY

0 - NONREAL-TIME DATA
AUTOMATION SYSTEM

LOGIC

"_-- - REAL-TIME DATA
AUTOMATION SYSTEM

o LOGIC

-- - COSMIC RAY

o TELESCOPE

COMMAND DEC(

AND POWER S

COMMAND DEC(

COMMAND DETI

COMMAND PRO i

CONTROL

COMM _l'cD DETE

COMMAND DEC(

COMMAND DET]

DECKS 210, 22(

DECKS '400, 4P

DECKS 420_ 43_

(a) SCIENTIFIC EQUIPMENT

ELECTRONICS ASSEMBLY

HIGH-GAIN ANTENNA

DIRECTIONAL COUPLER --
HARNESS ASSEMBLY

LOW- GAIN ANTENNA

DIRECTIONAL COUPLER -'-"-

CONTROL UNIT

SUBASSEMBLY

] --
I

o o o o o o o

(d) RF COMMUNICATIONS

ELECTRONICS ASSEMBLY

AMPUFIERS,

POWER SUPPLIES

TRANSFORMER-RECTIFIER

L CHASSIS ASSEMBLY



I

CASE HARNESS

ASSEMBLY --

o

L/"
FL

_j"

YL

o

( b ) DATA ENCODERAND COMMAND
ELECTRONICSASSEMBLY

-POWER SUPPLY

FUNCTIONAL

SWITCHING

EVENT COUNTERS

MODULATOR, MIXER,

REGISTER,

DATA SELECTOR

- PSEUDONOISE

GENERATOR

-ANALOG-TO-DIGITAL

CONVERTER

L

CONVERTER

-LOW- LEVEL AMPLIFIER

-DECKS IOO_ I!O

-DECKS 200, 300

-- CHASSIS ASSEMBLY

TAPE

ELECTRONICS 3

TAPE

ELECTRONICS 4

TAPE

ELECTRONICS 2

TAPE

ELECTRONICS I

TAPE MACHINE

CHASSIS ASSEMB LY-----'II.

CASE HARNE, (

ASSEMBLY

r
o o

o

o _.4_ E --

o

o_

o

ol
o

ol
o C

o o

CASE HARNESS ASSEMBLY

/

o o o o_

o o o o

(e) ATTITUDE CONTROL AND CC8=S
ELECTRONICS ASSEMBLY

nLEND COUNTER

I

I_ LAUNCH COUNTER

oj
" MANEUVER CLOCK

J_ MANEUVER DURATION
o :

ADDRESS REGISTER

_-- _ INPUT DECODER

°i
i
i

-GYR0 CONTROLO

i ASSEMBLY

o_

i
l

oj

\,
CHASSIS ASSEMBLY

o o o

I_

LO o o o o o

o

i

(f) POWER REGULATOR
ELECTRONICS ASSEMBLY



JPL TECHNICAL REPORT NO. 32-740

o o"o

0

o

le! 0
il---

o

/r---

AvIe,el

=b

o o

---N
©

le 0

o o

RECEIVER TRANS-

FORMER RECTIFIER

--RECEIVER SUBASSEMBLY

--RECEIVER SUBASSEMBLY

(c) RECEIVER AND TAPE MACHINE

ELECTRONICS ASSEMBLY

o o

o o

PYROTECHNIC
CONTROL

CASE HARNESS

f_o o o

°,
o 2) xl

I
o

/I

24-kc INVERTER-_._-_-- • _)1

Io z

BATTERY CHARGER_ D )I

o D \_ l

3

400-cps THREE-

PHASE INVERTER Ill

o

CHASSIS ASSEMBLY J

o o o_

(g) POWER SUBSYSTEM
ELECTRONICS ASSEMBLY

CONTROL

DiSTRiBUTION

ROWER
SYNCHRONIZER

SINGLE-
PHASE INVERTER

Fig. 247. Subsystem electronic packaging



JPL TECHNICAL REPORT NO. 32-740

-y
BAY

ATTITUDE CONTROL AND CC,BS

BAY _]II
POWER REGULATOR

_AyT
_)WER
;UBSYSTEM

BAY 11"
MIDCOURSE MOTOR

SLPPORT
FRAME

BAY "91"
RF COMMUNICATIONS

C

cz

El- BAY 3Z

! RECEIVER

J AND TAPE
MACHINE

BAY Iv"
DATA ENCODER
AND COMMAND

C

SOLAR PANEL DAMPER
ASSEMBLY, TYP: FOUR
PLACES

Fig. 248.

+Y

BAY m
SCIENTIFIC EQUIPMENT

VIEW LOOKING TOWARD SUN

D

CLEARANCE HOLE IN
LOWER RING FOR
COSMIC RAY
TELESCOPE VIEW

Spacecraft electronic packaging viewed toward Sun

333



JPL TECHNICAL REPORT NO. 32-740_

\

,/_'\

334



PL TECF NEAL REPORT r 0. 32-740 

Fig. 250. Prototype assembly in block vibration 
test fixture 

Fig. 251. Mariner Mars 1964 assembly 
chassis 

compatible with the components and packaging tech- 
niques used. The final chassis design was subsequently 
qualified on the complete spacecraft structural tests. 

The average weight of the Mariner Mars 1964 chassis 
was 4.25 Ib compared to the 4.51-Ib airerage Afariner 
L7enus 1962 chassis. However, the Mariner liars 1964 
chassis were 37y4 larger than the Mariner Venus 
1962 chassis and, thus, were nearly 3Or; lighter in 
construction. 

D. Electronic Equipment Integration 

The spacecraft electronic equipment was packaged 
inside the lS-in.-wide and 161,&in.-high openings in the 
octagon structure. The spacecraft midcourse motor was 
placed in Bay 11. The spacecraft subsystems were located 
in the remaining seven bays as a result of the following 
considerations: 

1. Subsystems were to be confined to a single assem- 
bly for ease of handling, checkout, and qualifica- 
tion testing 

2.  Subsystems with a large number of interconnections 
between them were to be in the closest proximity 
to reduce cable lengths 

3. Subassemblies with high power dissipation were to 
be distributed to obtain spacecraft temperature con- 
trol within specified limits 

4. Subsystems were to be located so that the space- 
craft CG was within the limits of midcourse motor 
alignment capability 

5. Special sensor requirements were to be met (such 
as an unobstructed view of the Sun for the solar 
plasma sensor) 

The final configuration (Fig. 24s) was a result of sev- 
eral studies to obtain an optimum condition. The mid- 
course motor was located in Bay 11. The radio equipment 
was located in Bay VI to place the radio electronics as 
close as possible to the two spacecraft antennas and re- 
duce RF losses in the cables. The receiver did not fit in 
Bay VI, and, therefore, was located in half of the adja- 
cent bay, Bay V. The attitude control gyros required 
alignment with the spacecraft principal axis. Of the four 
choices, Bay VI1 provided the most satisfactory position 
for the gyros and attitude control electronics because of 
the added advantage of proximity to the Canopus sensor, 
located under adjacent Bay VIII. Bay I11 was well 
suited for the science electronics since it provided a good 
location for the solar plasma sensor to be pointed at the 
Sun. Juggling of the remaining subsystems per the pre- 
\.iously mentioned requirements placed the CC&S and 
attitude control systems in Ray VII, the data encoder and 
command subsystems in Bay I\’, and the video tape re- 
corder in the remaining half of Bay \’. The power sub- 
system required two bays for heat dissipation. Thus, the 
booster regulator was specially designed to fit the out- 
side area of Bay VIII, and the battery was located inside 
the bay where a more uniforni temperature environment 
was available. The remaining power conversion equip- 
ment was then located in Bay I next to the battery and 
booster regulator. 
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E. Packaging Techniques 

Insofar as it was practical, electronic equipment was 
packaged on standard-shape subassemblies. However, a 
large variety of packaging techniques was required to 
accommodate different types of circuits using many 
types of components. In addition, the vendors who par- 
ticipated in the design and fabrication of Mariner 
equipment had different capabilities and experiences in 
electronic packaging. Electronic equipment packaged at 
JPL is described here in detail. 

1. Planar Packaging 

The planar packaging technique used printed wiring 
boards with bifurcated terminals for component mount- 
ing and interconnecting. This offered design flexibility 
and ease of component replacement. It was also suitable 
for components differing greatly in size, such as power 
supplies. It is virtually impossible to package large com- 
ponents together with small components in cordwood 
configuration. The packaging of a typical power inverter 
is shown in Fig. 252. The planar packaging technique 
allowed for direct heat sinking of power components, as 
was necessary for the booster regulator. Here, power 
transistors and rectifiers were directly mounted to the 
metallic structure close to the external radiating surface. 
This planar packaging was adopted for all power equip- 
ment, the Ionization Chamber, the TV and scan elec- 
tronics, and the CC&S. 

2. Hybrid Packaging 

The planar packaging technique was also used in 
conjunction with welded cordwood modules. Repetitive 
circuits, such as flip-flops and gates, were packaged in 
three-dimensional modules and then mounted on printed 
wiring boards. Figure 253 shows a typical hybrid 
subassembly in which higher density packaging was 
obtained, and some flexibility advantages of planar 
packaging were retained. Hybrid packaging was used 
for the TV encoder, the magnetometer electronics, the 
data encoder, and the video electronics. 

3. Welded NRT DAS Packaging 

The NRT DAS logic was originally designed to use 
pellet componcnts. During fabrication, however, some 
difficultics were encountered with pellet components 
and with the processes used. A new packaging design 
was undertnkcn using standard components and known 
fabrication techniques. 

The original pellet NRT DAS was packaged in a 
6 x 7-in. subchassis, 1.7 in. wide. A review of the avail- 

able space in the science equipment subassembly showed 
that the subchassis width could be increased to 2.34 in. 

At the onset, it was recognized that the component 
interconnection was the major problem to be solved. A 
geometric analysis of the logic diagram, module sizes, 

W 
Fig. 252. Typical power inverter packaging 

Fig. 253. Hybrid packaging of the TV encoder 
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Fig. 254. Typical welded NRT DAS module 

and subchassis configuration showed that three levels of 
interconnection would be desirable: 

1. Welded-ribbon component interconnection to form 

2. Welded-ribbon intermodular connection to form 

cordwood modules 

sticks 

3. Soldered-wire interstick and connector interconnec- 
tion to form the subassembly 

Each module was designed independently to a mini- 
mum size with the use of one layer of interconnecting 
ribbon. To accomplish this, the output leads were posi- 
tioned at random but brought outside the module on 
both sides. Figure 254 shows a typical module prior to 
embedment. 

With 24 leads randomly positioned on each side of 
some of the modules, the difficult encapsulation problem 
was solved by using two 0.015-in.-thick predrilled epoxy 
glass headers for each module. These headers provided 
lead positioning and photographically printed lead iden- 
tification, and functioned as sides for encapsulation. 

Fig. 255. Typical welded sticks 
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Figure 255 illustrates two typical stick assemblies. The 
intermodule interconnections were made by welded rib- 

Fig. 256. NRT DAS subassembly 

bon on both sides, and the outgoing paths were brought 
up to the nearest bifurcated terminals on the stick ter- 
minal board. This design featured soldered joints for 
terminating connector wiring and made it possible to 
add components on the terminal board. Figure 256 shows 
the interconnection of sticks and Fig. 257 a sectional 
view of the completed assembly. 

With the described packaging, an assembly of some 
2400 pellet components was replaced with a cordwood 
configuration using standard components, with a penalty 
of 15% increase in weight and 35% in volume. 

4. Receiver and Exciter Packaging 

Figure 81 shows the two assemblies containing the 
radio equipment, in which special packaging was used. 
This special packaging is typical of RF applications in 
which geometrical shapes are of functional importance. 

Figure 258 illustrates the style of packaging used in 
the receivers and exciters. Components were typically 
mounted on T-sections and then bolted in RF-sealed 
compartments. 

STICK FASTENERS SUBCHASSIS 

5. Other Packaging Techniques 

The spacecraft command subsystem was packaged in 
welded cordwood modules that were mounted in a 

- STICK 

r MODULE 

COMPONENl 

, ' WIRE BUNDLE STICK-TO- STICK I ' MODULE LEAD INTERCONNECTION 

INTERCONNECTION 

Fig. 257. Subassembly sectional view 
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The attitude control subsystem also used welded cord- 
wood modules, but was interconnected by a multilayer 
printed wiring board. The attitude control electronics 
used a standard-shaped subchassis that was larger than 
normal, because of a desire to keep the electronics in 
one subassembly. Soldered three-dimensional modular 
(cordwood) packaging was used in the Cosmic Ray Tele- 
scope (Fig. 260). The plasma electronics subassembly 
used plated-through- hole circuit boards into which 
formed leads of component parts were soldered. Here, 
also, flat miniature transistor and diode leads were sol- 
dered directly to the printed conductors. 

Fig. 258. Typical RF packaging 

checkerboard configuration to one of a pair of printed 
wiring boards. The other printed wiring board of the 
pair contained the alternate checkerboard configuration. 
This sandwich was then mounted in the standard type 
subchassis as shown in Fig. 259. 

Fig. 259. Command subassembly 

Fig. 260. Soldered-cordwood packaging in the 
Cosmic Ray Telescop.? 

F. Science Instrument Packaginj 

and geometry of the science instruments: 
T~sro primary considerations influenced the packaging 

1. The size and direction of sensitivity of the sensing 
element 

2. The direction, alignment, geometry, and clearances 
of the attachment to the spacecraft 

The Helium Sfagnetometer electronics and optics were 
mounted on either side of a sphere containing the mag- 
netic coils. The Ionization Chamber electronics were 
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packaged on an I-section, U-shaped chassis that sup-

ported the electronics on printed wiring boards. The
electronics were located on each side of the I-section.

The U-shaped chassis held the two sensors in optimum

orientation and distributed the instrument weight around

the cylindrical low-gain antenna mast.

The Cosmic Dust Detector 50-in. 2 sensor plate was
attached to the detector electronics chassis. The location

selected was above the superstructure holding the high-

gain antenna. The instrument chassis and associated

electronics were designed to attach directly to the super-

structure legs. The Trapped Radiation Detector sensors

were mounted to a box-shaped chassis that contained the
instrument electronics. The Solar Plasma Probe sensor

was a cup with screens at various voltages. The instru-

ment electronics were packaged in the Bay III chassis.

The Cosmic Ray Telescope was mounted on a standard

subassembly at the base of the Bay III chassis. The

sensor looked aft through a hole in the lower octagon

structure ring. The planetary scan subsystem consists of

a lens and optical sensor joined to a small preamplifier

chassis at the platform mounting flange. The packaging

of the preamplifier electronics was accomplished with

the use of printed wiring boards.

G. TV Camera Packaging Development

Prototype television camera packaging is shown in a

sectional view in Fig. 261. The vidicon tube, solidly sup-

ported inside the chassis with two end clamps, was com-

pletely surrounded by electronic printed wiring boards.

The electronics section was fastened rigidly to the

optical section at a flanged mounting surface.

This initial hard-mount design for mounting the TV

vidicon tube was based on past experiences with Ranger

tubes and on the expected spacecraft environments.

When the TV camera failed to pass an increased level

type-approval test, a thorough investigation of the prob-

lem was pursued. The goals of the investigation were:

(1) to determine the destructive frequencies of the vidi-
con tube and how it failed, and (2) to determine the
vibration environment of the tube in the camera and

how the environment could be improved.

1. Tube Failure Investigation

A unity gain vibration fixture was used to grip the tube

solidly but to still allow photographic access. The test

results indicated that: (1) there was a wide variation

in the vibration response characteristics in both Ranger-

and Mariner-type tubes from tube to tube, (2) the

ruggedized Mariner-type tube construction was mechan-

ically superior to the Ranger type, and (3) the resonant

frequency range of the ruggedized Mariner tube was

400 to 700 cps.

2. Tube Environment and Mounting Investigation

Concurrently with the tube failure investigation

efforts, the tube mounting designs were analyzed and

tested. To obtain realistic test results, an accurate struc-

tural mockup of the vidicon camera chassis was built

from flight-type hardware. Acceleration measurements

were made in three planes at the tube face, the tube

socket, and the chassis. Three types of tube mountings

were analyzed: the prototype hard-mount, a teflon

O-ring, and an experimental soft-mount. Test results are

plotted in Fig. 262.
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Fig. 261. Television camera section view
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Fig. 262. Comparison of tube mounts tested on 
hard fixture 

It was suspected that the damaging 400- to 500-cps 
resonance experienced by the hard-mount was actually 
introduced by the test fixture, since a hard-mounted tube 
had successfully passed complete spacecraft TA vibra- 
tion tests. This emphasized the need for testing the 
available hard-mounted tube configuration to realistic 
spacecraft levels to prove the adequacy of the design, 
while simultaneously developing a soft-mounted config- 
uration. 

3. Test Fixtures and Test Methods 

The first tests were conducted in the TA block test 
fixture. For further tests, a special fixture was built to 
hold the science platform (Fig. 263). The stability of the 
fixture preserved the science platform vibration isola- 

Fig. 263. Television special test fixture 

tion features and allowed control of the vibration input 
to be moved from the vibration table to the platform 
itself, which then allowed the platform to be vibrated in 
a manner closely simulating the actual spacecraft envi- 
ronment. During the tests, it became necessary, how- 
ever, to limit excessive cross coupling with a special peak 
control circuit. This technique provided a more realistic 
sinusoidal vibration simulation and resulted in drastic 
reduction of response at the tube socket. Typical Z-axis 
response is shown in Fig. 264. Control of noise levels in 
a similar manner was difficult due to the inability to 
control cross coupling. 
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Fig. 264. Spacecraft Z-axis responses on N tube 

At that time, a ruggedized tube in a new soft-mount 
successfully passed the TA sinusoidal and noise tests 
in the more severe environment of the block test fixture. 
The mounting method was developed through a parallel 
effort, and consisted of two compressed foam plastic 
supports and a spring system that seated the tube face 
on the focusing ring. Figure 265 shows the flight con- 
figuration. 

This investigation led to the following conclusions: 

1. Block-style or rigid vibration test fixtures, although 
easy to use at times, introduce very high gains that I 

are not representative of flight environments. 

2. The ruggedized Mariner tube construction was 
found to be superior to the original tube, and was 
adopted for flight. 

3. The original hard-mounted tube design was satis- 
factory but required difficult testing procedures. 
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Fig. 265. Television tube soft mount 

4. The new soft-mount provided better overall safety 
margins. 

H. Electronic Equipment Handling, Storing, and 
Shipping 

To protect the electronic subassemblies and thermal 
control surfaces during fabrication and bench testing, 
polycarbonate plastic frame pairs were attached to the 
sides of each subchassis (Fig. 253). For additional pro- 
tection in storage or shipment, moisture and dust proof 
plastic containers were provided. Figure 266 illustrates 
how the subassembly, with the protective frames at- 
tached, was placed in the container on top of a retainer. 
For protection of electronic equipment during assembly 
and bench testing, hard anodized aluminum fixtures 
were provided. In addition, these fixtures held the 
chassis in accurate alignment during the installation of 
the subassemblies. The chassis attached to the fixture 
at the existing spacecraft mounting points and supported 
the cable harnesses. 

Protection of assemblies in storage and shipment was 
provided by a tough double-plastic container, shown in 
Fig. 267. The inner box was made to accommodate the 
assembly handling fixture, and rested inside the outer 
container on plastic-foam blocks. The shock protection 
provided by the container was tested to limit the shock 

to less than 27 ,q to the handling fixture during a 30-in. 
drop test. The containers featured a moisture and dust 
seal, space for a desiccant bag, a humidity indicator, and 
an automatic pressure-relief valve. The boxes were 
painted white to reduce the heat absorption from expo- 
sure to direct sunlight. 

1. Spacecraft Cabling 

1. Design Concept 

The functional requirement of the electrical wiring 
system was to clcctrically interconnect the spacecraft 
assemblies and subassemblies. The primary design ob- 
jective was to perform this function with maximum reli- 
ability using materials and techniques that resulted in 
minimum size and weight. Electrical design considera- 
tions included control of magnetic and electrostatic 
interference, voltage drops, and undesired power losses. 
Mechanical aspects were also considered. These in- 
cluded: conductor and insulation strength, adequate 
harness support, accessibility during construction, and 
capability for rework. 

The basic design of Mariner Mars 1964 cabling was a 
derivation of the Ranger and Mariner Venus 1962 space- 
craft. Shielded or twisted wires and separate routing of 
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Fig. 266. Subassembly handling and storage container

clean and noisy signal wires were used to satisfy space-

craft electrical and magnetic field requirements. The

system consists of three major types of harnesses:

. Case harnesses were used to electrically intercon-

nect the subassemblies of each subsystem, connect

the subsystems into the spacecraft system (ring)

harnesses, and provide access for subsystem and

system test. A typical case harness (Fig. 268) con-

sisted of a main wire bundle (trunk) from which
breakouts were routed to connect to the subassem-

blies with modified Cannon D type connectors. The

harness trunk was supported by a tubular bracket

and end-plate assembly that mounted to the center

of the chassis. Pigtails from the top of the case har-

ness connected to an upper ring harness with modi-

fied Bendix PT-type connectors. Connectors of the

same type were hard-mounted in the lower end

plate to accept pigtails from the lower ring harness

and checkout cables from the operational support

equipment.

. The upper ring harness consisted of a support struc-

ture (trough) in which two separate harnesses were
mounted. One of these was mounted in the bottom

of the trough and used to distribute power to the

spacecraft subsystems. The other harness, which

interconnected all the spacecraft subsystems, was
further broken down into two main bundles secured

as far as possible from the power harness and cross-

ing it at right angles to provide maximum signal

separation. All of the connectors on this harness

were hard-mounted except four pigtails to the solar

panels and three to the Cosmic Dust Detector,
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Fig. 267. Assembly shipping container 

Trapped Radiation Detector, and absorptivity stan- 
dard. The lower ring harness was mounted along 
the inner periphery of the lower portion of the 
spacecraft bus, and consisted primarily of attitude 
control subsystem functions and interconnections to 
the umbilical and inflight connectors. Figure 269 
shows the upper and lower ring harnesses mounted 
on the spacecraft. 

3. A number of small miscellaneous harnesses were 
used to interconnect such outlying items on the 
spacecraft as science instruments, pyrotechnic de- 
vices, gas valves, and the postinjection propulsion 
system. Each harness in this category was given 
individual consideration to ensure that it was 
mounted and protected in such a way that any 
unique operational requirements could be met. 
Wires to the scan platform instruments, for in- 
stance, were routed down the center of the platform 
support tube in a loose, flexible bundle to allow 
them to twist during rotation of the platform. 

Fig. 268. Bay IV data encoder and command harness 

Fig. 269. Upper and lower ring harnesses 

2. Materials 

The wire used was based on a JPL specification, with 
deviations to provide for bondability, tighter tolerances 
on insulation wall thickness, and different conductor 
characteristics. The insulation consisted of three layers 
of 0.0003-in. polytetrafluoroethylene, helically wrapped 
and fused around the basic conductor. 
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Two types of potting compound were used. The 
Bendix connectors were potted with a polyurethane 
compound. In order to maintain the self-aligning charac- 

Fig. 270. Fabrication fixture, Bay IV data encoder and 
command harness 

teristin (pin/socket float) of the Cannon D type con- 
nectors, a two-layer potting process was used. The 
connector solder cups were first covered with a relatively 
soft silicone compound, and the remainder of the potting 
cup was filled with the harder polyurethane to provide 
support for the wire bundle. 

The remainder of the materials used for insulating 
splices and tying and supporting wire bundles were 
chosen for their ability to perform their function with a 
minimum of outgassing and degradation due to environ- 
ment. Nylon, teflon, dacron, and certain types of silicone 
and thermofit sleeving were used in various applications. 

3. Fabrication 

Each case harness was fabricated on a three- 
dimensional fixture. Fixture connectors simulating the 
subassembly connectors were back-wired to connectors 
mounted on the sides of the case mockups. Connections 
within the fabricated harness were confirmed by “buzz- 
ing” from the soldered wire to the appropriate connector 
pin (or socket) on the side of the mockup. This config- 
uration eliminated the need for unplugging and probing 
flight connectors during harness assembly and QA test. 
The connectors of the fabricated harnesses were also 

Fig. 271. Upper ring harness fabrication fixture and completed upper ring harness 
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potted while mounted on this fixture. A typical case 
harness fabrication fixture is shown in Fig. 270. 

The upper ring harnesses were fabricated in the flight 
trough structures, thus eliminating any necessity for 
handling the unsupported harness. The flight trough was 
mounted on a flat plate with spacers and feed-through 
connectors located to determine the length of the few 
pigtails involved. This fixture, with a completed upper 
ring harness, is shown in Fig. 271. 

Because no removable flight support was designed for 
the lower ring, this harness was fabricated on a three- 
dimensional fixture with feedthrough connectors located 
at all the interfaces to permit inspection and continuity 
checks without disconnecting the flight connectors. This 

fixture and a support stand with swiveling head, typical 
of that used with all fabrication fixtures, are shown in 
Fig. 272. 

All miscellaneous harnesses were fabricated on a full 
scale mockup of the spacecraft, some items of which 
were removed for the required access. These harnesses 
were then removed and installed on the flight hardware. 

4. Test 

A preliminary type-approval vibration test on a typical 
case harness and its support structure was completed 
successfully before any case harness fabrication was 
begun. Impact, vibration, and thermal shock tests were 
also conducted on a case harness of medium complexity 
before potting. No mechanical failures occurred in any 
of these tests. 
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Fig. 272. Lower ring harness fabrication fixture and adjustable support stand 
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A complete set of representative ring and case har-

nesses was provided to the STM spacecraft. These

harnesses were fabricated and inspected to flight stan-

dards and were reinspected during, and subsequent to,

completion of the STM test program. In addition, flight

quality and configuration case harnesses were furnished

to all systems but the science subsystem for use during
type-approval tests of subsystem electronics.
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XVIII. SPACECRAFT SUBSYSTEMS: SCIENCE

A. General Description

The Mariner Mars 1964 science subsystem consists
of scientific instruments and ancillaries selected to meet

the mission objectives. All of the instruments, except the

television, are capable of making measurements during

the cruise portion of the flight; they are programmed to

gather interplanetary data concerning the solar plasma,
micrometeorites, magnetic fields, and energetic particle

distribution in space. The experiments to be conducted

with the instruments in Table 57 are under the direction

of the principal investigators shown in Table 58. The

ancillary equipment consists of the data automation sub-

system, the planetary scan subsystem, and the narrow

angle Mars gate.

Some of the ground rules established for the science

subsystem were generated by the Project Office, and

others were required by the JPL Space Sciences Division

in order to control the design and development of the

Spacecraft

Description unit
number

Cosmic Roy 21

Telescope

Cosmic Dust 24

Detector

Trapped Radiation 25

Detector

Ionization Chamber 26

Table 57. Mariner Mars 1964 science instruments and ancillaries

Weight Power

Ib w
Look angle Purpose

Number of

sensors

Output

data

2.58

2.10 0.201

2.20 0.350

2.71 0.460

Instruments

0.598 Digital30 deg half-angle cone

along + Z axis

22 X 22 cm plate

perpendicular to

ecliptic in direct and

retrograde motion

Three sensors 70 deg

to Sun-probe llne,

30 deg half-angle

cone

One sensor 135 deg to

Sun -probe line, -- 30

deg half-angle cone

To detect and measure trapped

corpuscular radiation in the

vicinity of Mars. To measure the

flux and energy of alpha

particles and protons as a

function of position and time in

interplanetary space.

To make direct measurements of

the dust particle momentum and

mass distribution in the Earth--

Moon, Mars--Deimos--Phobos,

and interplanetary regions.

To search for magnetically trapped

particles in the vicinity of Mars

and, if found, make a preliminary

estimate of their distribution,

energy spectra, and identity. To

monitor solar cosmic rays and

energetic electrons in inter-

planetary space to determine

their angular distribution,

energy spectra, and time history.

To detect and measure the average

omnidirectional flux of

corpuscular radiation in regions

between Earth and Mars. To

measure the average specific

ionization attributable to this

flux. To measure the omnidirec-

tional flux and specific

ionization of charged particles

that may be trapped in the

vicinity of Mars.

One sensor,

three defec-

tors in tele-

scope

Two

Four

TwoOmnidirectional

(except as shadowed

by bus)
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Table 57. Mariner Mars 1964 instruments and ancillaries (Cant'd)

Spacecraft Weight Power
Description unit Ib w

numbor

,Solar Plasma Probe 32 6.41 i 2.65 average,

2.90 peak

Look angle Purpose
Number of

sensors
Output

data

Helium

Magnetometer

33 7.50 7.30

Television 36 11.281 8.0

Data automation

system

Planetary scan

subsystem

Narrow angle Mars

gate

20 11.91 _

31 5.65"

6.5 average

during

cruise; 5.6

average

during

encounter;

8.0 peak

during

encounter

4.65 (2.4 kc),

2.81 (400

cps)

7MG1 0.20 _ Included in

DAS power

require-

ment (_0)

"Measured values, no cabling harnesses included.

Instruments

30 deg half-angle cone,

10 deg from Sun -

probe line

One sensor along space-

craft Z axis, one

sensor along Y axis,

one sensor along X

axis

1.05 X 1.05deg

To measure the spectral distribu-

tion, flux density, and time

history of the positively charged

solar plasma traveling outward

from the Sun and to correlate

these measurements with those

from the Helium Magnetometer.

To investigate the existence of a

Mars planetary field end deter-

mine its characteristics as a

function of direction, magnitude,

multipolarity, and orientation

with respect to the planetary

rotational axis. To investigate

the interaction between planetary

and interplanetary magnetic

fields. To measure the magnitude

and direction of the steady and

slowly varying components of

the interplanetary magnetic field

and to determine its variation

with heliographic latitude end

longitude.

To make preliminary topographic

reconnaissance of portions of the

surface of Mars. To attain an

improved knowledge of areas of

possible living matter. To

obtain additional data on the

Mars surface reflectivities so

that the design of future systems

will be enhanced.

One (three

sections)

One

One sensor, 2

alternate

color filters

Ancillaries

Not applicable

119.7 deg in cone, 180-

deg scan width

2.5 X 1.5 deg

To provide the sequencing,

processing, storage, buffering,

and encoding necessary to realize

the optimum scientific value of

each instrument. To perform

certain engineering measure-

ments in addition to those made

by the spacecraft data encoder.

To point the TV sensors at a point

on the planet that is dependent

upon the bisector of radiation

and the traiectory of the

spacecraft.

To trigger the DAS into the TV

sequencing mode, as o backup to

the TV planet-in-vlew sensing

function.

None

One

One

Pulse width

Pulse width

Digital,

pulse width

sequenced

See Data

Automation

System,

paragraph J

Pulse width

None

349



JPL TECHNICAL REPORT NO. 32-740

Table 58. Mariner Mars 1964 principal investigators

Instrument Principal Affiliation
investigator

Cosmic Ray

Telescope

Cosmic Dust

Detector

Trapped Radiation

Detector

Ionlzation Chamber

Solar Plasma Probe

Helium

Magnetometer

Television

J. Simpson

M. Alexander

J. Van Allen

H. Neher

H. Bridge

E. Smith

R. Leighton

University of Chicago

Goddard Space Flight Center

State University of Iowa

California Institute of Technology

Massachusetts Institute of

Technology

Jet Propulsion Laboratory

California Institute of Technology

subsystem. The more significant of these ground rules
were:

1. Redundancy had to be included so that a failure of

the scan subsystem to start wide-angle scanning or

to stop scanning after acquisition could not abort
the mission.

2. The science subsystem had to be capable of an

operating test on the launch pad prior to liftoff.

3. All scientific data taken during the encounter period

had to be stored and played back to Earth as many

times as practicable after encounter. In addition,

selected measurements required for engineering

evaluation of the instruments or data interpretation
had to be added to the encounter mode data and

sent back in real time by the telemetry subsystem.

4. All science flight equipment had to undergo a com-

ponent part screening program.

5. The Helium Magnetometer had to be located as far

as possible from likely sources of permanent or

slowly varying (< 10 cps) magnetic fields.

6. Complete spare units had to be provided for the

planetary scan, data automation, and television sub-

systems. Selected spares were optional for the re-

mainder of the science subsystem.

7. A complete science subsystem test had to be accom-

plished before delivery to SAF.

A functional block diagram of the science subsystem
is shown in Fig. 273. The spacecraft was launched in

Data Mode 2 with the science subsystem deenergized.

When the spacecraft separated from the Agena launch

vehicle, the cruise or real-time data automation system

and the interplanetary instruments were energized. The

format of the DAS output during Data Mode 2 is shown

in Fig. 274 (a). In spacecraft Data Mode 1, no science
data were transmitted, although the RT DAS continued

to sample the instruments.

The initiation of the encounter mode by either the

CC&S MT-7 command or the data encoder DC-25 com-

mand accomplishes the following:

1. The television, NRT data automation subsystem,

narrow angle Mars gate, planetary scan subsys-

tem, and tape recorder are energized.

2. The NRT DAS sequences the TV, but does not

issue start/stop commands to the tape recorder.

3. The protective cover is removed from the TV,
NAMG, and PSS sensors. The scan platform moves

through 180-deg arcs until the planet is acquired.

An output from the PSS through the DAS to the
data encoder initiates Data Mode 3. The real-time

format for spacecraft Data Mode 3 is illustrated in

Fig. 274 (b). The PSS then tracks the planet to

ensure that the platform continues to point at the

bisector of brightness defining the location of Mars.

When the edge of the lighted disk comes into view of
either the television or narrow angle Mars gate, the DAS

tape-recorder start circuitry is enabled. The DAS waits

until the beginning of the next standard sequence to

start the recording cycle. All science data acquired dur-

ing encounter are stored in the spacecraft tape recorder.
The measurements made by the RT DAS are sent back

via the telemetry channel and are transferred to the

NRT DAS for storage. Scan platform motion is inhibited

during the science encounter (picture sequence) mode.

The science encounter mode and spacecraft Data

Mode 3 are terminated when the second end-of-tape

signal occurs. A backup stop-recording circuit is also
included in the DAS. This circuit is set after 18 pictures

and reset after 22 pictures have been taken. The reset
function activates the "switch to Data Mode 2" command

to the data encoder in exactly the same fashion as in the

second end-of-tape signal. The spacecraft stays in Data
Mode 2 until either a MT-8 or DC-26 command cause

the encounter instruments and the NRT DAS to be de-

energized.
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MAGNETOMETER X AXIS

MAGNETOMETER Z AXIS

MAGNETOMETER Y AXIS

PLASMA PROBE

SCAN POSITION

SYSTEM NOISE MONITOR
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Fig. 274. Science subsystem real-time data format

TV SIGNAL VOLTAGE

MAGNETOMETER

PLASMA PROBE

SCAN TEMPERATURE AND

PRESSURE

TV TARGET VOLTAGE

TV AND DATA AUTOMATION

SYSTEM STATUS

SAME AS NORMAL

CRUISE MODE 2

The playback of stored science data is initiated by

either a CC&S or a ground command. The science sub-

system is deenergized, Data Mode 4 is initiated, and the

stored data are transmitted to Earth. The pictures are

transmitted individually; between each picture the data

encoder is switched to Data Mode 1 so that engineering

telemetry can be transmitted and the condition of the

spacecraft evaluated. No new data are obtained during

Data Mode 4, but the spacecraft reverts to Data Mode 2

upon completion of picture playback.

B. Cosmic Ray Telescope

1. Experimental Objectives

The Cosmic Ray Telescope (Fig. 275) was designed
to measure (1) absolute and relative flux levels, and

(2) energy spectra of the two main components of pri-

mary cosmic radiation (protons and ionized helium) that

occur in the energy range from i to 180 Mev per nucleon.

In addition, the telescope should identify helium ions

having energies in excess of 180 Mev per nucleon and

electrons in a low-efficiency fashion over a small range

of energies. The specific aims of these measurements are
directed towards the determination of fluxes in both

interplanetary space and the vicinity of Mars. These

aims include: (1) measurement of the radial gradient of

the low-energy cosmic ray intensity in the inner solar

system between 1 and 1.5 AU; (2) measurement of the

ratio of low-energy protons and helium ions as a function

of radial distance from the Sun; (3) the search for

trapped protons and electrons at Mars; (4) the search
for shock-front accelerated electrons near Earth and

Mars; (5) the study of the time dependence, composition,

and spectra of solar-flare particles in interplanetary

space; (6) the search for a persistent solar contribution

to the low-energy proton spectrum at solar minimum;

and (7) the comparison of results with the Geiger-Miiller
counters and the Ionization Chamber to determine

whether high-energy electrons are present.
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Fig. 275. Mariner Mars 1964 Cosmic Ray Telescope 

2. Description 

a. Physical description. The Cosmic Ray Telescope 
weighs 2.58 lb and draws 598 mw of power. The elec- 
tronics are contained in a standard JPL chassis 2 in. in 
depth with a center web. The majority of the electronic 
components were built into soldered cordwood submod- 
ules as shown in Fig. 276 (a) and 276 (b). These modules 
were inserted into “mother-boards” that fit on each side 
of the chassis. Each unit contains 1180 electronic compo- 
nents. The telescope, which is fastened to the center 
web, contains three gold silicon surface barrier detectors 
labeled D,, DP, and D, (Fig. 277). The look angle is a 
cone with a 30-deg half-angle from the axis of the tele- 
scope. The telescope looks out of the bottom of the space- 
craft in the antisolar direction. Attached to the telescope 
through the bottom ring of the spacecraft is a tempera- 
ture fin designed to prevent the detectors from exceeding 
50°C in case the telescope looks directly at  the Sun. The 
stack of preamplifiers in their shielded can are positioned 
next to the telescope (Fig. 275). On the other side of the 
module next to the back end of the telescope is the power 
converter shown in Fig. 276 (a). 

b. Functional description. The three gold silicon de- 
tectors are arranged with absorbers between the first and 
second and the second and third detectors, as shown in 
Fig. 277. When any energetic charged particle passes 
through matter, it loses energy through ionization. When 
such a particle passes through a solid-state detector, it 
creates a number of electron-hole pairs that are swept 

( b )  BOTTOM VIEW 

I“ 

- 

INCHES 

Fig. 276. Cosmic Ray Telescope 

out of the silicon before recombination can occur by an 
electric field created by a bias voltage. A charge thus 
produced in any detector is deposited at the input of a 
charge-sensitive preamplifier, where it is converted to 
a voltage pulse that is directly proportional to the amount 
of charge produced in the detector and, hence, to the 
energy lost by the particle. Figure 278 is the func- 
tional block diagram for the instrument. The amplifiers 
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are connected to pulse height discriminators D1, D_, D2,

D3, and D_. Except for D_, these discriminators produce

pulses only ff the input to them exceeds a level corre-

sponding to an energy loss of 210 key. The threshold of

D_ is 420 kev. In addition, the amplifier associated with

detector D1 is connected to a height-to-time converter

that sorts pulses corresponding to energy losses between
210 kev and 5.2 Mev into 128 channels.

F,N-_

PARTICLE

DIRECTION

J

MYLAR WINDOWS

.z_/ A SO  5..

_ Iz \1/

-- ?
.qP" _4GoAs D :_ :2222_-- ......

Fig. 277. Cosmic Ray Telescope, cutaway view

The discriminators are cormeeted to the coincidence

and anticoincidence logic circuits. These logic circuits are

then connected to two 10-bit registers as shown below:

29 28 27 26 25 24 23 22 21 20

Particle-

analysis

register

e b

v _

PHA channel Indicator bits
from 0-127

29 28 27 26 25 24 23 22 21 20

Count-

rate

register

D" D 2 D_ D 2D D" D 2D 3

The first register (words A and C) reads out the pulse-
height-analyzer channel number (0-127) and the three
indicator bits a, b, and e. Bit "a" is a one ff there is one
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Fig. 278. Cosmic Ray Telescope functional block diagram
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or more D_ D 2D3 events between readouts. Bits "b" and

"c" are one if D 3 and/or D_ are hit, respectively, in
coincidence with the analyzed event. In the rate words

(B and D), three bits are allotted for the D_ D 2D 3 , three

bits for the D" D 2D _, and four bits for the D_ D 2 events.

These data outputs are shown below:

1. Pulse height number from 0-128, pins range indi-
cations

2. Three coincidence counting rates: D1 D_ protons and

helium 0.8 Mev per nucleon--30 Mev per nucleon;

D1 Dz D_ protons and helium ions 15-70 Mev per

nucleon; and D1 Dz D3 protons 70-170 Mev per nu-

cleon_and helium 70 Mev per nucleon

The registers are read out alternately by the data

automation system. To accomplish this, the DAS adds

pulses to the register at 111 kc until the register over-

flows and then counts the number required to produce

an overflow. The complement of this number is the

actual reading in the register. The registers are cleared
after each readout.

3. Design Evolution

The design of the Cosmic Ray Telescope was based on
that of the units flown on the IMP and OGO satellites.

Because of the limited amount of weight and volume
allowed for the instruments on the Mariner Mars 1964

spacecraft, this instrument was much smaller than those
flown on other satellites. This made the deletion of some

of the readout binaries and one of the two telescopes

used on OGO necessary.

On August 21, 1963, a design review was held in
Chicago to evaluate the electronic circuits, and to deter-

mine the expected performance, accuracy, and stability

of the instrument. From a composite of various labora-

tory results and theoretical calculations, it was deter-

mined that the estimated window drift (rate data) would

be 13 to 23%, and that the estimated stability of energy

analysis would be 14%. These results were based, in

part, upon thermally induced variations occurring be-

tween a high temperature of 75"C and low temperatures
between - 20 and - 45" C.

Changes were made in the original circuits, and other
circuits were added as the instrument was assembled and

tested. These new circuits were needed because of in-

compatibility in electronic circuits built for the Cosmic

Ray Telescope. Other circuits and components were

changed to obtain proper wave shapes and to adjust the

timing needed between circuit pulses. Some of these

changes were:

1. A Zener diode was added as a lirniter to prevent
overflow of the HTC.

2. A Zener diode was added to the output of the D2

preamplifier to prevent saturation of the discrim-
inator.

3. A capacitor was added to the coincidence and anti-

coincidence circuits to prevent feedthrough.

4. An inverter circuit was added.

After the first two instruments were built and the

remaining instruments were in various stages of construc-

tion, it was determined that the four bits that comprise

the Dx rate would not produce meaningful data. This was

discovered when the telescope flown on the IMP pro-

duced higher D_ rates than anticipated. To compensate

for the_high D1 rate, two binaries that prescaled the
D_ D2 D3 indicator bit were rewired to prescale the D1

rate. This, in effect, divided the D1 rate by a factor of 4.

One other change to the telescope came about because

of the detectors. In an operating condition, the tempera-
ture of the detectors cannot exceed 50"C. If the detectors

had been unprotected, this temperature could have been

surpassed during the spacecraft's tumbling after liftoff

or during the mideourse maneuver when the telescope

might have been required to look directly into the Sun.

A temperature fin, which extended the barrel of the tele-

scope by 3A in. (Fig. 275), was added to the telescope.

At the end of the barrel extension an aluminized mylar

window covered the opening; an aluminized mylar win-

dow also covered the end of the telescope. This created

a tube 3A in. long fastened to the end of the telescope,

with an aluminized mylar _ndow at each end of the

tube to reflect the sunlight. The end of the tube flared

outward into a temperature fin, forming a flat square

surface painted white to minimize heating. This tempera-

ture fin was expected to keep the detectors below 40"C

regardless of the spacecraft orientation.

4. Fabrication

a. Techniques. The Cosmic Ray Telescope was con-

tained in a standard JPL module 2 in. wide, with the

telescope and amplifier housing protruding approxi-

mately 1 in. The circuitry comprising the electronics is

assembled into soldered cordwood submodules, which

are inserted into a mother-board containing the printed
circuits that make the interconnections between them.
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The Cosmic Ray Telescope contained two of these

mother-boards, one on each side of the main module.

The power converter and the preamplifier stack were

shielded and fastened separately to the center web. The

telescope barrel containing the three detectors was also
fastened to the center web.

The use of cordwood submodules permitted high-

density packaging of components, but also had some

disadvantages. Whenever it became necessary to investi-
gate a problem in an instrument, the task was made

difficult because of the inaccessibility of test points. If a

component needed replacement at the bottom of a sub-

module, all the components above it had to be removed,
or the submodule had to be removed from the mother-

board (a process requiring several hours because of the
cabling connections ).

5. Test Experience

The instruments were environmentally tested in accor-

dance with JPL specifications. The operation of the tele-

scope was determined by measurements made in three

separate modes: normal, calibrate, and programmed.

a. Type-approval testing. There were two failures

during the vibration testing of the TA instrument. The

first failure was caused by a large filter capacitor in

the power converter that broke loose during the second

plane of vibration. The capacitor broke loose because

the potting was not strong enough to hold the large

components in place. Another potting was then used to

hold the capacitor and other large components. During

the next vibration test, the large components held se-

curely but the D2 shielded amplifier cable broke. This

cable was repositioned and secured with potting, and no

problems were encountered during the final vibration
test.

Several thermal-vacuum tests of the TA unit were

required. One condition that made the testing of this

instrument difficult was that, although the temperature

for the TA test was 75"C, the temperature of the tele-

scope could not be allowed to go above 50"C (the critical

temperature for the detectors). An attempt was made to

keep the telescope cool by using a cold plate in contact
with the temperature fin. This maintained a cool tem-

perature for the telescope, but the plate caused noise

problems with the instrument. In fact, a battery-operated

thermoeouple connected to the telescope caused enough

noise to preclude obtaining intelligible data. It was de-

cided that the approach of trying to keep the telescope
below 50"C and yet testing the electronics at 75"C was

impractical. Consequently, the TA test temperature
was reduced to 50"C.

The first thermal-vacuum test failed because of a noisy

instrument. The next three failures were caused by faulty

OSE. The last three attempts were unsuccessful because

of detector failures. The remainder of the environmental

tests (radio-frequency interference, low-frequency vibra-

tion, acceleration, and shock) were passed with no
problems.

b. Flight-acceptance testing. Not too many problems

were encountered during the FA testing because of the

experience gained from the TA tests and because the FA

tests were less rigorous. The FA test problems occurred
in the SN/MC-1 and SN/MC-3 instruments. 8 The

SN/MC-1 instrument had a D1 detector failure, which

probably resulted from a mechanical strain on the de-

tector. The mechanical strain was caused either by a

screw forced against the detector or because the housing
clearance of the detector was insufficient and the hous-

ing, as a result, produced a strain on the detector during
the thermal-vacuum test. After the detector housing was

remachined and the D1 detector replaced, the SN/MC-1

unit passed the thermal-vacuum test.

During the thermal-vacuum test of the SN/MC-3 unit,

data words A and C were lost. This malfunction did not
recur.

c. System testing. Problems were encountered during

the system testing of the te]escope instruments. Some of

the testing difficulties attributed to the telescope were
later ascribed to OSE problems. It was found that the

telescope could not be put into calibration by the DAS

calibration pulse. This problem was solved by reversing

the calibration leads in the telescope.

Several of the instruments had noise problems on the
spacecraft. The SN/MC-4 unit, for instance, worked on

the bench, but on the spacecraft the rate words over-

flowed their registers. A screw was added to one side of

the back cover, which greatly improved the instrument

when it was on the bench, but the data still over-

flowed when the unit was tested on the spacecraft.

_Throughout this section, the letters SN are prefixed to subassem-
bly serial numbers to distinguish them from spacecraft serial
numbers.
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C. Cosmic Dust Detector 
1. Experimental Objectives 

Knowledge concerning the origin, composition, and 
dynamic properties of the cloud of dust particles sur- 
rounding the Sun is fundamental to the study of the solar 
system. Until this decade, information concerning the 
physical and dynamic characteristics of dust particles in 
space came from a variety of ground-based experiments. 
Meteor observations using visual, photographic, and 
radar techniques produced measurements of the mass, 
velocity, density, and composition of individual meteor- 
oids colliding with the Earth's atmosphere. These studies 
were limited to particle masses greater than g until 
radar observations of particles with limiting masses of 
approximately g were reported. For particles with 
masses less than lo-(; g, photometric observations of the 
Zodiacal light, solar corona, and sky radiance have rep- 
resented the major optical techniques used to obtain 
measurements of the sizes and dynamics of dust particles 
near the Earth and in deep space. Composition, age, and 
gross accretion rates of meteoroidal and dust-particle 
material have been obtained from analysis of collections 
of remnants of these particles surviving passage through 
the Earth's atmosphere. These collection studies included 
dust particles with masses as low as IC10 g. 

1 

Fig. 279. Mariner Mars 1964 Cosmic Dust Detector 

Each unit contains 707 electronic components, of 
which 187 are transistors or diodes. 

The direct study of the physical and dynamic prop- 
erties of dust particles in space with masses between 
10-l3 to lo-'; g started with the measurements from dust 
particle experiments on various rockets, satellites, and 
space probes. The Mariner Mars 1964 dust particle 
instrument was designed to make continuous measure- 
ments of the flux of such particles near Earth, through 
interplanetary space, and in the vicinity of Mars. 

2. Description 

a. Physical description. The Cosmic Dust Detector is 
shown in Fig. 279. The plate, seen in a vertical position, 
is the hi-directional sensor; it measures 22 X 22 cm, and 
weighs 0.5 lb. The sensor was mounted to the electronics 
chassis, which weighs 1.6 lb and draws 201 mw of 2.4-kc 
power. The unit was mounted on the struts above the 
main spacecraft bus, between Bays I11 and IV, with only 
the sensor protruding above the upper thermal blanket. 
During flight, the normal of the sensor plate was parallel 
to the ecliptic. 

Temperature control of the instrument was passive, 
and was monitored indirectly throughout the flight. 
Figure 29 indicates the mounting of the instrument on 
the spacecraft. 

b. Functional description. The sensor is an aluminum 
impact plate, 0.030 in. thick, with a crystal acoustical 
transducer (microphone) bonded to one side. This impact 
plate was coated on both sides with a nonconducting 
material, A thin film of aluminum was then deposited 
over the dielectric. The impact plate/dielectric/aluminum 
film combination formed a penetration detection capaci- 
tor. When a static potential was connected across the 
capacitors through a limiting resistor, a particle pene- 
trating the dielectric would produce a voltage pulse 
across the limiting resistor. The films are greater than an 
order of magnitude more sensitive than the microphone, 
so their primary function is to indicate the direction 
of the impacting particle, and to detect particle hits 
below the microphone threshold. 

The instrument memory consists of two 8-bit registers 
(Fig. 280): the first is for the accumulation of micro- 
phone hits and is never reset to zero; the second consists 
of three bits of film data, two bits of directional data, 
and three bits of PHA data. The second register is the 
microphone and film data register and is reset after each 
readout. The data in the two eight-bit registers are 
parallel-dumped, on command, into the DAS in an alter- 
nating sequence (every other data frame). 
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Fig. 280. Cosmic Dust Detector functional block diagram

There were two levels of calibrate signal amplitude.

They were generated in the instrument electronics, and
alternately pulsed the acoustical transducer on DAS

calibrate commands. One level produced a PHA binary

readout of 6, and the alternate level produced a

binary readout of 3. In each case, a microphone count

was stored in the eight-bit accumulator register.

The calibrate command also energized the film cir-

cuitry, alternating between the two sides. The resultant

output of the calibrate command was a film hit, particle

direction, a PHA signal indicated in the microphone and

film data register, and a microphone hit stored in the

accumulator register.

The instrument calibration consisted of three proce-

dures. In the first, the momentum sensitivity of the

microphone and penetration detectors of a prototype

instrument were determined using a hypervelocity par-

ticle gun. In the second, the sensitivity of the microphone
was again measured as a function of the momentum

of falling beads (non-hypervelocity calibration), and a
correlation between these results and those of the first

was established. The pulse-height analyzers of the flight

model instruments were then calibrated using the non-
hypervelocity methods. (The microphone PHA was de-

signed with a nominal threshold of 10 -5 dyne-see and a

logarithmic scale covering up to 3 × 10-' dyne-see in

seven discrete levels.) In the third, the probability of
false hits due to inflight spacecraft operational events

was determined by monitoring the instrument output

through the telemetry link during a long-term quiet test

in which the spacecraft was continuously operated in

cruise mode for 24 to 48 hr. During that period, the

spacecraft inflight mechanical functions were exercised

to determine instrument sensitivity to acoustical shocks
and vibrations.

3. Procurement

The Cosmic Dust Detector was furnished by NASA's

Goddard Space Flight Center.

The instrument PHA was calibrated in flight by means
of the acoustical transducer mounted on the sensor struc-

ture. Upon receipt of a calibrate command from the DAS

(every 23z/3 hr at 8]/3 bps), the transducer imparted a

mechanical shock to the impact plate, producing an out-
put from the microphone.

4. Fabrication

The Cosmic Dust Detector electronics were fabricated

under contract to Goddard Space Flight Center. Welded
modular construction was used in the fabrication of the

unit, with a welded matrix configuration for intercon-

necting wiring.
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The penetration sensor assembly was fabricated at

NASA's Goddard Space Flight Center. The sensor and

electronics package were mated before delivery to JPL.

5. Test Experience

The TA level testing of the Cosmic Dust Detector was

completed with no problems in December 1963. During

FA and system testing, problems were detected that

required changes in the instrument. During FA testing,
it was found that the calibrate transducer mounted on

the center rib of the sensor was not producing the correct

PHA output. This was the result of a changing acoustical

impedance between the calibrate transducer and the

transducer bonded to the sensor. It became necessary,

therefore, to delete this transducer from the instrument.

The calibrate pulse then directly activated a transducer

bonded to the sensor plate.

Acoustical type hits (no film or direction indication)

were noted during system testing, which revealed a need

for more mechanical isolation between the spacecraft
and the instrument. This was done, and, in a test involv-

ing the MC-1 spacecraft, an acoustical attenuation of

greater than 100 db between the spacecraft and the
instrument was measured.

The sensor capacitor exhibited noisy operation during

the system testing of the MC-1 spacecraft. The static

voltage across the capacitor was reduced and the film

thickness on the plate was changed. Two film preampli-

fiers were added to the film circuitry to reduce the input

impedance and to increase the system response time.

D. Trapped Radiation Detector

1. Experimental Objectives

Energetic particle measurements were to be made dur-

ing the Mariner Mars 1964 cruise period and during

Mars encounter. Due to the varying distance of the

spacecraft from the Sun and the long flight time of

the mission, much helpful information could be obtained

in particular areas of interest. The Trapped Radiation

Detector was designed to:

1. Monitor solar cosmic rays and energetic electrons

in interplanetary space, and study their angular dis-
tribution, energy spectra, and time histories

2. Search for magnetically trapped particles in the

vicinity of Mars, and make preliminary determina-

tions as to their spatial distribution, energy spectra,
and identities

3. Provide further information on the densities and

temporal changes of the Van Alien radiation belt

during ascent from Earth to the interplanetary
medium.

2. Description

a. Physical description. As seen in Fig. 281, there are

four sensors mounted on a magnesium chassis. The ex-

terior volume of the chassis is approximately 83 in. 3

(5.5 X 4.9 × 3.1 in.).

The detectors are the solid-state detector D1 and D2,

and the Geiger-Miiller tubes A, B, and C. The chassis

contains the Geiger-Miiller tube electronics, the power

supply, and the electronics for the solid-state detector
(D1 D_). The Da D2 detector electronics are contained in

a separate shielded chassis within the main chassis. The

total weight of the instrument is 2.2 lb, and it draws

approximately 350 mw of 2.4-kc power. The instrument

is located atop the bus at Bay IV, midway between the

-X and + Y axes of the spacecraft as shown in Fig. 29.

Temperature control of the unit is passive, and is moni-

tored by means of a thermal transducer contained within
the instrument. Each instrument contains 290 electronic

components.

b. Functional description. Detectors A, B and C are

Geiger-Miiller end-window counters, which measure the

total number of charged particles passing through their
sensitive volumes. The sensitive volume of each tube is

shielded so that low-energy particles can enter only by

passing through the window at the end of each tube.

Only higher-energy particles can penetrate from other
directions. If an allowance were made for non-directional

counting of higher-energy particles, a directional mea-
surement could be made of the low-energy particles.

Detectors A and B. The windows of detectors A and B

are covered by approximately 1.4 mg/cm _ of mica, and

admit electrons >_ 40 kev and protons > 500 key. A

shield defines the angle through which particles can

enter the window; this look angle is 60 deg, and lies

along an axis that is 135 deg to the Sun-probe line for
detector A, and 70 deg to the Sun-probe line for de-

tector B. (The Sun-probe line is in the Z-axis plane in

Fig. 29.) A visor was incorporated at the end of the tube

housing to protect the detectors from direct sunlight

during cruise.

Detector C. An aluminum foil of 19 mg/cm _- was

placed over the 1.4 mg/cm 2 of mica on the C detector
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Fig. 281. Mariner Mart 1964 Trapped Radiation Detector 
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window. This extended the energy threshold of the 
detector to admit electrons >_ 70 kev and protons 
2 900 kev. The look angle of 60 deg for detector C was 
along an axis 70 deg to the Sun-probe line. The shield 
configuration was the same as the configuration on 
detectors A and B (Fig. 281). The Geiger-Muller counter 
outputs were shaped for use in the data automation sys- 
tem by saturating current amplifiers (Fig. 282). 
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C 

D1 

D* 

Detector D. Detector D is a silicon surface bamer 
diode, with a thickness of 35 p, that was covered with a 
nickel foil equivalent to 0.242 mg/cm* air to make it 
light-tight. This detector is essentially insensitive to elec- 
trons of any energy. Through amplitude discrimination, 
two levels of proton detection are possible: 

0.032 mognesium 

0.020 teflon 

0.032 mognesium 

0.020 teflon 

0.032 mognesium 

0.020 teflon 

- 
- 

D, = 0.5 to 11.0 Mev 

D, = 0.9 kev to 4.0 hlev 

The look angle of detector D is 60 deg and lies along 
an axis 70 deg to the Sun-probe line (Fig. 29). 

The solid-state detector output (Fig. 282) is fed into a 
linear charge-sensitive amplifier (preamplifier) that is fol- 
lowed by a series of voltage-sensitive amplifiers (post- 
amplifiers). The output of the second postamplifier is fed 

in parallel to two more amplifiers having different volt- 
age gains. The outputs of these amplifiers are, in turn, 
sent to two identical amplitude discriminators having a 
common reference supply. The ratio of the energy dis- 
crimination levels is set by the ratio of the amplifier 
gains. The reference supply is temperature-compensated 
to keep the discrimination level constant. Table 59 sum- 
marizes the counting rates of the detectors. 

Table 59. Trapped Radiation Detector counting rates 

Detector 1 Shielding, in. 

Electrons 2 0.04 
Protons 2 0.50 

Electrons 2 0.04 
Protons 2 0.50 

Electrons 2 0.07 
Protons 2 0.90 

Protons 0.50 to 11.0 

Protons 0.90 to 4.0 

0.1 to 50,000 
0.1 to 50,000 

0.1 to 50,000 
0.1 to 50,000 

0.1 to 50,000 
0.1 to 50,Ooo 

45,000 

45.000 

3. Procurement 

The design and fabrication of the instrument was as- 
signed to the State University of Iowa. Electronic com- 
ponents used in the fabrication of the circuitry, with the 
exception of the power supply, were purchased and 
screened under JPL cognizance. 

Two major problems were evidenced in the procure- 
ment of parts,which caused a delay in the fabrication 
schedule. The first was the delay in obtaining screened 
parts for delivery to the fabricator. The second was the 
unavailability of flight-quality Geiger-Muller tubes and 
solid-state detectors. 

4. Fabrication 

Soldered cordwood modules, which were proved reli- 
able throughout the testing and inflight phases of the 
program, were used in the fabrication of the unit. 

5. Test Experience 

The major source of concern during the testing was 
in the area of the solid-state detector. Failures in this 
area were caused initially by defective detector ground- 
ing bonds. Since the detector was contained in a 
Micro-Dot connector, the ground bond to the connector 

36 1 



JPL TECHNICAL REPORTNO. 32-740

DETECTOR I_ AMPLIFIERA AND OUTPUT

DETECTOR _ AMPLIFIERB AND OUTPUT

DETECTOR _ AMPLIFIERC AND OUTPUT

DETECTORD _ PREAMPLIFIER

POSTAM PLI FIE R

'
POSTAM PLIFIER _-_

POSTAMPLIFIER

POSTAMPLIFIER

t-_ DISCRIM INATOR

T
DISCRIMINATOR I
REFERENCE

1
'_ DISCRIMI NATOR _Pt

r

LIM'TER1 I
RATE OUTPUT I
AND I

RATE LIMITER IAND OUTPUT

POWER
SUPPLY

DAS

DETECTOR A
OUTPUT

DETECTOR B

OUTPUT

DETECTOR C
OUTPUT

_'_ DETECTOR OI
OUTPUT

DETECTOR D2
OUTPUT

POWER

SYSTEM

TEMPERATURE I 1 _ DATATRANSDUCER v ENCODER

Fig. 282. Trapped Radiation Detector functional block diagram

case was critical. The use of a conductive epoxy to

strengthen this bond eliminated the problem, and no

subsequent failures occurred.

Malfunction of the 25-ft space simulator during testing
of the SN/MC-4 unit may have caused detectors A and C

to drift about 20 to 30_. This failure was attributed to

a malfunction of the voltage regulator tubes associated

with these detectors. Whether or not the chamber mal-

function caused this failure has not been determined.

Subsequent testing verified that a filter capacitor placed

across the voltage regulator tubes did stop the fluctua-

tion in counting rates. The change was incorporated on

the SN/MC-4 unit only.

E. Ionization Chamber

l. Experimental Objectives

In recent years, considerable emphasis has been placed

upon determining the energy distribution and the time

variation of charged particles in the region that extends

from the Earth's surface to the boundary of the magneto-

sphere. With the advent of unmanned interplanetary

exploration, the opportunity was presented to extend the
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range of interest beyond the magnetosphere into inter- 
planetary space, and even into regions of close proximity 
to various planets. 

Among the many and varied instruments used for mak- 
ing useful measurements regarding charged particles in 
space are the ionization chamber and the Geiger-Muller 
counter. A particularly stable type of integrating ioniza- 
tion chamber was first developed in 1953. A modification 
of this instrument adapted it and a suitable Geiger-Muller 
tube for use on the Mariner Mars 1964 spacecraft. 

The Ionization Chamber experiment on this mission 
was designed to investigate (1) the dependence of the 
intensity of ionizing radiation in space upon distance 
from the Sun; (2) the temporal variations of the ionizing 
radiation and their correlation with measurements of the 
magnetic field and plasma flux at the spacecraft and 
with solar-terrestrial disturbances; and (3) the intensity 
and extent of magnetically trapped radiation around 
Mars. 

2. Description 

a. Physical description. The instrument package con- 
sists of four main items: (1) the Ionization Chamber, 
(2) a Geiger-Muller tube, (3) electronic circuitry com- 
prising the power supply, amplifiers, and pulse shapers, 
and (4) the chassis to which the foregoing three items are 
mounted. The overall dimensions of the 2.7-lb assembly 
are 13.4 X 9.8 X 5.0 in. The assembled system is shown 
in Fig. 283. The instrument requires less than 500 mw of 
2.4-kc 50-v-rms power for its operation. Each instrument 
contains 197 electronic components, of which 60 are 
diodes and transistors. 

The Ionization Chamber consists of a 5-in.-diameter 
O.OlO-in.-thick steel shell, which houses the fused-quartz 
electrometer system. The shell interior was evacuated at 
bakeout temperatures (400°C) and then filled with argon 
gas to a pressure of 4 atm. A black-oxide coating applied 
to the exterior provides the desired thermal emissivity. 

The other sensor consists of a commercially available 
tube encased in a steel cylinder 0.83 in. in diameter by 
5.0 in. long with a wall thickness of 0.008 in. End caps 
cushion the tube within the cylinder, and shock-mount 
the fragile tube in proper position. The external surface 
is also oxide-coated for thermal considerations. 

The power supply and the data conditioning circuitry 
were fabricated on four printed circuit boards. All circuit 
components were mounted on one side of laminated- 

Fig. 283. Mariner Mars 1964 Ionization Chamber 

epoxy circuit boards and soldered to gold-plated forked 
terminals. A conformal coating of epoxy covered the 
components and circuit board and, thus, provided pro- 
tection against shorting, moisture corrosion, and electrical 
leakage. An insulating board was bonded to the back of 
each circuit board and the boards were held to the 
instrument chassis by screws and an epoxy bonding ma- 
terial. A typical circuit board mounted on the chassis is 
illustrated in Fig. 284. 

..' - 1 1  

Fig. 284. Typical Ionization Chamber circuit board 
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The instrument chassis was machined from a solid

block of magnesium alloy. The chassis surface was gold-

plated to provide proper thermal emissivity. The Ioniza-

tion Chamber and the Geiger-Miiller tube were bolted

to the chassis at right angles to each other as shown in

Fig. 283. This unorthodox configuration contained a
semicircular cutout that allowed the instrument to be

mounted to the cylindrical antenna mast approximately

36 in. above the spacecraft bus. The instrument was
mounted between two flanges on the mast structure, and

was attached to these flanges by means of six screws with

insulating inserts.

Two connectors on the instrument chassis provided for

(1) input power to the instrument, output signals to

telemetry, and a connection to spacecraft ground, and

(2) monitor voltages and signals to the operational sup-

port equipment.

b. Functional description. The Ionization Chamber

consists of a stainless-steel sphere filled with argon gas.

A quartz electrometer is housed within the sphere and

consists of a quartz collector rod and a thin quartz fiber,

which is separated from the rod by approximately 0.02 in.

The collector is coated with Aquadag and the fiber is
coated with a thin film of metal. Although the collector

is electrically isolated from the fiber and sphere, it is

normally positively charged. This charge is produced by

a positive 310-vdc potential on the fiber, which induces a

negative image charge on the Aquadag surface of the
collector near it. As a result of this image charge,

the fiber is attracted to the collector and momentarily

contacts it. During contact, electrons pass from the col-

lector to the fiber. When the electron exchange is com-

pleted, the fiber springs back to its normal position

leaving the rod positively charged to 310 v.

When ionizing particles penetrate the sphere, the gas

within the chamber becomes ionized. The resulting posi-

tive ions are attracted to the grounded sphere, and the
electrons are attracted to the collector and tend to neu-

tralize its positive charge. When the collector charge is

sufficiently neutralized, the image charge attains suffi-

cient magnitude and the fiber is pulled to the collector

and finally contacts it. A surge of electrons passes from

the collector to the fiber and through a load resistor.

This current pulse is amplified, shaped, and presented to

the DAS as shown in Fig. 285. Each output represents a

fixed amount of charge collected from the gas. Thus, the

interval between pulses is inversely proportional to
the ionization rate.

_ PREAMPLIFIER ]-_

_EIGER_ Mi.JLLER_ PREAMPLIFIER

10311 TUBE

ION CHAMBER SUPPLY

GEIGER-MLJLLER IO311 SUPPLY

AMPLIFIER SUPPLY

OUTPUT ___
AMPLIFIER

OUTPUT _
AMPLIFIER

POWER

SUPPLY

DAS

ION CHAMBER
DATA

GEIGER -
MLJLLER 10311

DATA

POWER SYSTEM

'-91-SPACECRAFT

POWER

Fig. 285. Ionization Chamber functional
block diagram

The Geiger-Miiller sensor is comprised of a glass tube

encased in a stainless-steel cylinder. The anode consists

of a tungsten wire stretched along the axis of the tube,
and the cathode consists of a thin, transparent conduc-

tive coating on the inner glass wall. Approximately 900 v
are maintained between the electrodes. Charged par-

ticles, which penetrate both the steel shield and the glass
wall and enter into the sensitive volume of the tube,

ionize the gas molecules. The high electric field between
the anode and the electrode accelerates the dissociated

ions and electrons. The electrons accelerate rapidly be-

cause of their low mass, and ionize other gas molecules.

The ultimate result of the avalanche effect produced

between the electrodes is a momentary current flow

through an appropriate load resistor. The resultant pulse

is amplified, shaped, and delivered to the DAS as shown

in Fig. 285. One output pulse is generated for each

charged particle that penetrates the shield and enters the

sensitive region of the tube. Thus, the pulse rate is di-

rectly proportional to the radiation flux.

Through a judicious choice of Geiger-Miiller tube

shield thickness, both the Ionization Chamber and the

tube detect particles of the same energy. Electrons of

energy greater than 0.5 Mev, protons of energy greater
than 10 Mev, and alpha particles of energy greater than

40 Mev are capable of penetrating the walls of either
detector. Both sensors have omnidirectional sensitivity.

The Ionization Chamber measures the average rate of

ionization, and the Geiger-Miiller tube measures the

omnidirectional flux of energetic particles.
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3. Design Evolution

The concept of the Ionization Chamber was not

unique with the Mariner Mars 1964 program; it evolved

from previous satellite and spacecraft programs, the most
recent of which was the Mariner Venus 1962 mission.

Mariner II carried detectors almost identical to those

of Mariner IV, only in a different physical configuration.

Minor circuit modifications and repackaging of the

detectors to conform to the Mars spacecraft con-

straints were performed at JPL, where electronic bread-

boards were built and tested (all other units were

fabricated by subcontractors).

Design reviews, conducted by both JPL and the sub-

contractors, resulted in a few minor engineering change

requests early in the prototype development stages. Such

requests included changing the subchassis from alumi-

num to a magnesium alloy with special heat conductive

properties, and changing the proposed method of Ion

Chamber mounting to conform more closely to config-

urations already proven. Other changes were found nec-

essary later in the environmental testing program, and

the resultant rework was performed at JPL.

4. Pr_ureme_

The fabrication of the Ionization Chamber units was

subcontracted in June 1963. These units included the

thermal control model, prototype TA model, proof test

model, three flight units, and one set of selected spare

components. Delivery of the final flight unit to JPL
occurred in February 1964.

5. Fabrication

Fabrication proceeded smoothly with one exception:

the screened electronic components, which were to have

been provided by JPL under the terms of the contract,

were not available in sufficient selection and quantity

early enough in the program to prevent a schedule slip-
page of the first units delivered.

A quality control program was established by the sub-

contractor in accordance with JPL requirements. As a

result of this program, a quality control plan was com-
pleted and approved before flight hardware fabrication.

The quality control plan included a flow chart covering

all phases of assembly, test, and inspection from initial

receipt of raw materials to delivery of completed units
to JPL.

Inspection of the first circuit boards assembled re-

vealed that component leads had been bent to provide

strain relief before the component was soldered to the

terminals. Past experience had indicated that such treat-

ment enhanced, rather than inhibited, the possibility

of component failure. Due to the scarcity of the

screened components involved, and out of deference to

the delivery schedule, it was decided to accept the com-

ponent mounting technique in the one unit concerned,

originally designated as the TA unit. However, this unit

was redesignated as the PTM in order to allow TA tests

to be performed on a unit identical to the flight unit.

Although 90% of the fabrication work was performed

by a subcontractor, the California Institute of Technology

coated the quartz collector and fiber before final assem-

bly and testing of the instrument.

6. Test Experience

In addition to acceptance tests performed on delivery,

TA tests, FA tests, and system tests were performed.

Type-approval tests on the TA unit were completed in

January 1964. No failures were observed during TA test-

ing of the unit, although a previous arcing failure during

an FA thermal-vacuum test had indicated the necessity

for adding a bleeder resistor to the power supply. Flight

acceptance of the last flight unit was performed in

March 1964. Extensive environmental testing was also

performed, and, in addition, all units were given exten-
sive calibration tests. (Calibration tests included moni-

toring sensor outputs under instrument exposure to

standard X-ray and Co G° irradiation in a controlled envi-

ronment, as well as periodic checks of the instrument

response to standard Co 6° sources in a fixed position

aboard each spacecraft.) The last of these calibrations

was performed at the AFETR facility shortly before the
launch of Mariner IV.

F. Solar Plasma Probe

1. Experimental Objectives

The Plasma Probe experiment was designed to deter-

mine the positive-ion flux density in the range of 5 × 10-5

to 5 × 10 -9 particles/cm 2 sec in the energy spectrum
between 30 ev and 10 key. The instrument was also

intended to measure the directional characteristics of the

plasma flux within a 30-deg half-angle cone centered

10 deg off the Sun-probe line along its temporal and

spatial variations. The physical state of the plasma is

intimately related to that of the magnetic fidd, and

it was considered necessary to compare measurements

made by the Solar Plasma Probe to those made by the

Helium Magnetometer.
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2. Description 

a. Physical description. The Plasma Probe is shown in 
Fig. 286. The sensor is a Faraday cup mounted on the 
upper spacecraft superstructure above Bay 111, with its 
receiving aperture center line tilted 10 deg from the 
Sun-probe line. (The mounting arrangement is shown in 
Fig. 29.) 

The instrument sensor consisted of a cup-like shell and 
a number of enclosed electrodes. Originally, the shell was 
in two parts (a cylindrical wall and a circular back plate); 
both pieces were gold-plated magnesium. The wall cyl- 
inder section included an outer flange for mounting to 
the spacecraft, and inner flanges for grid support. The 
outer and shield grids operated at ground potential and 
were mounted directly to the flanges; the modulator 
and suppressor grids were electrically isolated from the 
shell by stand-offs. The variable modulator voltage and 
suppressor bias of -150 v entered through connectors 
on the outside of the wall. All grids were constructed of 
tungsten wire mesh. The three collector electrodes, 
mounted to the inside of the back plate, were 120-deg 
sectors, each separated from its neighbors by 1/16 in. Con- 

B 
0 1 2 3 4 5 6 7  

INCHES 

Fig. 286. Mariner Mars 1964 Solar Plasma Probe 

nectors on the outside of the back plate, in addition to 
carrying the collector signals to the preamplifiers, allowed 
direct electrical access to the collectors for test purposes. 
The probe was 414 in. in depth and 6 in. in outside 
diameter (excluding the mounting flange), and the front 
cover had a 21,$-in.-diameter viewing aperture. 

The three electronic modules were mounted in space- 
craft Bay 111 just below the sensor. The composition of 
these modules is shown in Table 60. The instrument con- 
tained 1300 electronic components, of which 618 were 
either diodes or transistors. 

Table 60. Description of Plasma Probe 
electronics modules 

- 
Module 

32A2 

32A3 

32A4 

- 

Surface 

lower 

Upper 

lower 

Upper 

Lower' 

Upper 

Circuit 
designation 

Preamplifier 

Signal 
processor 

Digital No. 1 

Digital No. 2 

Power 
converter 

High-voltage 
modulator 

High-voltage 
rectifier 

Description 

Preamplifiers, analog gates, sum 

amplifier 

Remainder of measurement chain 
through analog-to-pulse-width 
converter; test signal and standard 

signal generators 

Interface multivibrators, program 

and collector counters, sequence 
flip-flop, window-counter trigger 

circuit 

Window counter, window power 

control, bookkeeping circuits 
including diamond, enable gate 

for both diamonds 

Window power control output 

amplifier, synchronization multi- 
vibrator and flip-flop, modulator 

through output transistors and 
associated gates 

Modulator output transformer, dc 
multiplier, bleeder/divider 

IlThe high-voltage monitor amplifier was mounted on a shield between th 
modulator and rectifier circuit boards. The -30 v storage capacitor WO 

attached above module 32A4. 

b. Functional description. The functional block dia- 
gram of the Plasma Probe is shown in Fig. 287. Fig- 
ure 288 shows a top and sectioned view of the sensor. 
The plasma (positive ions, electrons, and light) enters the 
cup through grid 1, which is maintained at cup-shell 
potential. A square wave voltage on grid 2 modulates 
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the incoming charged particles. Grid 3 is kept at cup-
shell potential to serve as an electrostatic shield between

the modulating grid and the collectors. Grid 4 is held

negative, with respect to the collectors, and acts as a
suppressor grid.

The collector is divided into three sections. From an

analysis of the relative signal amplitudes of individual

segments (Fig. 289), direction is determined unambigu-

ously within a broad solid angle of circular cross section

centered at the cup normal. Reverse photoelectric cur-
rent, generated by light reflected from the collector onto

the back of the suppressor grid, is overcome by modu-

lating the positive-ion current without modulating the

reverse photocurrent, and then detecting the ac compo-
nent of the collector outputs.

The collector outputs are amplified by the three pre-

amplifiers (Fig. 287) and sent to a set of three gates. In

the "all collector" mode, the outputs are summed to a

single ac signal and fed to a bandpass filter peaked

at the synchronization frequency. In the "sequential-

collector" mode, the individual outputs are selectively
fed to the filter. The in-out transfer function of the com-

pression amplifier closely approximates a logarithmic

response over the four-decade dynamic range of the

signal from the filter. The synchronous detector demodu-

lated the signal from the compression amplifier, and the

output of the synchronous detector is stored on an analog

diamond circuit. The analog-to-pulse-width converter is

connected across the diamond, and samples the voltage

there on a format fixed by the data automation system.

The sampling of the system through a cycle is shown in
Table 61.

The high-voltage level and mode switching are accom-

plished through the instrument's control logic by using

the DAS stepping pulse as a clock. The plasma output is
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Table 61. Plasma Probe voltage sampling format

Step Mode Voltage level

I to 16

17 to 19

20 to 22

23 to 25

26 to 28

29 to 31

32 to 34

35 to 37

38 to 40

41 to 43

44 to 46

47 to 49

50 to 52

53 to 55

56 to 58

59 to 61

62 to 64

65

66

67

68

69

70

71

72

All collector

Sequential collector (2, 3, 1)

I p

Preamplifier 2

Preamplifier 3

Preamplifier 1

Set

High voltage

Temperature

Marker

Reset

1--16 sequentially

1

2
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8
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sampled in DAS words 3, 11, 19, 27, and 35. In space-

craft Data Mode 2, the instrument receives four step-

ping pulses, and in Data Mode 3 it receives five stepping

pulses; thus, 18 frames are sampled before a Plasma

Probe cycle is completed in Data Mode 2, and 14.5 frames

are required in Data Mode 3. Step pulses are issued two

DAS words prior to readout, and the analog-to-pulse-

width conversion occurs one word prior to readout.

3. Procurement

The Solar Plasma Probe was furnished to JPL by MIT.
The electronic modules were fabricated under subcon-

tract from MIT, and the primary design of the instru-

ment was accomplished by the MIT Lincoln Laboratories
under JPL and GSFC contracts for Mariner A and B,

Explorer X, IMP, and OGO. The instrument sensor was

designed and built in the Laboratory for Nuclear
Sciences at MIT.

Under the direction of MIT, the electronic components

were procured by the subcontractor using JPL-approved

screening specifications as procurement specifications.

Each vendor screened his own products before delivering

the accepted items to the prime subcontractor for Plasma

Probe fabricatiorL In the interest of maintaining a sched-

ule and promoting reliability, the screening of key items

was performed with subcontractor QA personnel in con-
stant attendance.

The power supplies were purchased by MIT from

another vendor and supplied to the Plasma Probe sub-

contractor as an assembled circuit board. All power

supply transformers and chokes were fabricated by this

other vendor and were not screened. On October 29, 1963,

schedule difficulties forced JPL to waive the requirement

for 100% screening and to leave it to the discretion of

the instrument supplier. However, all electronic compo-

nents (except for a few resistors in SN/MC-5) were

screened in the flight units.

4. Fabrication

The following waivers were required so that the

Plasma Probe could be built within a reasonable weight
and volume.

. Use of TO-51 encased transistors. The reliability of

these units proved to be no better than predicted.

of the 26 problem/failure reports listed as compo-
nent failures, 13 were due to TO-51 transistors.

Furthermore, it was discovered that many of the

transistors were not hermetically sealed. When a

vacuum environment was used in conformally coat-

.

°

ing the PTM, many transistors became impregnated

with the conformal coating. Subsequent coating was

performed without the aid of a vacuum, although

the impregnation itself was never established as a
cause of failure.

Use of less reliable resistors. Reliability had to be

sacrificed for packaging considerations. Three out

of the remaining 13 problem/failure reports listed
these resistors as causes of failures.

Use of plated-through-hole printed circuit beards,

as opposed to fork terminal construction, in order

to save space.

5. Test Experience

During the seventh day of the TA thermal-vacuum

test, the power transformer developed a short. The com-

bination of vacuum, heat, electrical stress, and potting
voids caused an insulation breakdown between two

windings. As a result of the failure, the following

changes were made: (1) the location of one winding

was changed; (2) the internal construction was rede-

signed to permit more thorough impregnation; (3) the

potting technique was changed; and (4) the potting

compound was changed. The last change afforded post-

fabrication inspection. The power supply vendor did not

possess a heated vacuum chamber, but did achieve void-

free potting by alternating the in-process units between
a hot oven and an unheated vacuum chamber.

During the FA vacuum test of the MC-3 spacecraft,

the Plasma Probe produced suffieient periodic electrical

noise to interfere with the Spacecraft System operation.

The noise, apparently produced by arcing in the sensor,

caused concern that spacecraft operation would be

jeopardized during flight. After an intensified effort, it

was learned that the cup tended to are for periods up to

2 hr after evacuation. The arcing was caused by out-

gassing due to air trapped behind the silicon rubber

insulators, and disappeared when the silicon rubber was

replaced with Kel-F.

G. Helium ldognetometer

1. Experimental Objectives

The reasons for making magnetic-field measurements

during the Mars mission are:

1. To establish whether a planetary field exists, and to

determine the characteristics of the field (magni-

tude, direction, multipolarity, and orientation rela-

tive to the planetary rotational axis)
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2. To investigate the nature of the boundary between 

3. To measure the magnitude and direction of the 
steady and slowly varying components of the inter- 
planetary magnetic field, and to determine its varia- 
tion with heliographic latitude and longitude 

planetary and interplanetary magnetic fields 

To meet the experimental goals, the magnetometer 
had to have the following operational characteristics: 

1. Three outputs proportional to the three mutually 
perpendicular components of the magnetic field, 
with a sensitivity threshold of 5 0.25 

2. A frequency response of 1 cps maximum 

3. A dynamic range (0 to 1 cps) of & 360 y 

4. Anine-bit conversion, plus one sign bit 

5. A known zero offset less than 1 y 

6. Calibration capability to apply fields of +40, +80, 
-40 and -80 y at the sensor (1 y = gauss) 

2. Description 

a. Physical description. Figure 290 shows the Mag- 
netometer sensor and electronic modules. The module 
on the left contains the Magnetometer power supply, 
ignition logic, RF power supply, and analog-to-pulse- 
width converters. The module on the right contains the 
basic signal chain circuitry and ancillaries. The spherical 

portion of the sensor is the Helmholtz coil housing. The 
sensor weighs 1.25 lb, and the two modules together 
weigh 5.0 lb. The average power input to the instrument 
is 7 w. Each instrument contains 805 electronic compo- 
nents of which 183 are either transistors or diodes. 

b. Functional description. Figures 291 and 292 show 
the Helium Magnetometer sensor schematic and system 
functional block diagram. The physical principle under- 
lying the operation of the Magnetometer involves the 
transparency of a plasma of metastable helium atoms to 
a beam of resonant radiation at 1.083 p wavelength, and 
the dependency of this transparency on magnetic fields. 
A set of Helmholtz coils are used to produce a rotating 
magnetic-field vector in the plasma contained in the 
absorption cell, and a lead sulfide detector senses 
the modulation of the light beam. Any asymmetry in the 
resultant magnetic field (vector sum of the sweep plus 
ambient field) causes asymmetry in the light modula- 
tion. With a sweep vector of constant amplitude and 
angular frequency, external dc fields cause a component 
in the modulation at the frequency of the sweep vector. 
This phenomenon was phase-dependent on the direction 
of the field with respect to the light axis. In the ab- 
sence of external fields, the modulation of the light beam 
is at  twice the frequency of the sweep vector. Any 
fundamental component caused by an ambient field is 
amplified by the system electronics and synchronously 
demodulated. The demodulated signal is integrated, am- 
plified, and fed back as current to the sensor coil system 

Fig. 290. Helium Magnetometer sensor and electronics modules 
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Fig. 291. Helium Magnetometer sensor schematic

to null out the external field. The voltage output of the

system is directly proportional to the magnetic-field

component being nulled out. The sweep vector is com-

mutated between the X-Z plane (Z being the light axis)

and the Y-Z plane to accomplish three-axis operation.

the deleterious effect of vacuum on plastics, and because

of the poor heat distribution afforded, the sensor was

redesigned using materials with compatible mechanical,

thermal, and optical properties acceptable for space

application.

Radio-frequency power maintains a discharge in the

lamp to provide a source of the resonant radiation and

a glow discharge in the cell to generate the metastable

helium atoms. The igniter system is used only to initiate
the discharge.

3. Design Evolution

a. Design reviews. Extensive testing was performed

on the Magnetometer breadboard by JPL personnel to

determine the capability of the instrument to meet the

operational design performance requirements. The pack-

aging design was reviewed to determine whether or not

the hardware would comply with the reliability require-

ments for the project. Evaluation of the design analysis

and breadboard testing of the instrument resulted in a

number of JPL-originated design changes in circuit,

optical, thermal, electronic packaging, and mechanical
design.

The original sensor design used plastics in both the

optical system and the packaging design. Because of

The results of the circuit design reviews and bread-

board testing led to circuit modifications and redesigns

to correct the following problems:

1. Low sensor preamplifier input impedance

2. Inadequate system null stability

3. Excessive use of decoupling networks

4. Questionable reliability of igniter operation

5. Sweep vector asymmetry

6. RF oscillator instability

7. RF power matching crosstalk

8. Inadequate recurrent surge, turn-on transient, and

short-circuit protection in the power supply

9. Pick-up and groundloops

The effect of the design changes was an overall reduc-

tion in electronic components and an order-of-magnitude

decrease in system offset.
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b. Modifications of hardware from vendor. Several

significant design changes were incorporated on vendor-

supplied hardware subsequent to its receipt at JPL.

These changes were prompted mainly by problems

encountered during unit and system testing. These
modifications were:

1. The RF matching networks in the sensor were

modified and relayed out to reduce RF interference

and increase RF efficiency.

2. A thermal shield was added to the sensor to reduce

the predicted Earth-to-Mars temperature drop.

3. The helium lamps and cells were redesigned to

extend their lifetimes. The lamps were modified

to increase the helium reservoir, and were filled to

a higher pressure. (Stabilization burn-in was incor-

porated as a fabrication technique.) The lamp
mounting in the sensor was modified to minimize

local heating. The cells were modified by a large

increase in helium pressure, a change in sealing
techniques, and an increase in glass thickness. Both
lamps and cells were tested after fabrication to

ensure low leak rates. A change of pressure of
30 to 50% could have been tolerated. The measured

mechanical leaks were found to be less than 2%

per year.

4. The lamp and cell igniter circuit was modified to

increase the ignition potential from 1000 to 1600 v.
This modification was made to extend the lifetime

of the lamp and cell because their ignition potential
increased as they aged.

5. The power supply was modified to increase filtering

against power-line variations. This change was re-

quired to eliminate interference during spacecraft

operation whenever power was applied to the en-
counter instruments.

4. Procurement

The Magnetometer was fabricated for JPL by a

subcontractor. Such items as the analog-to-pulse-width

converters, all optical components, and certain special-
purpose devices (including nonmagnetic transistors for

the ignition circuitry) were supplied to the subcontractor
by JPL.

5. Fabrication

The majority of the packaging is centered around

welded-cordwood modular construction. Exceptions to

this are the power supply, which is of normal two-

dimensional construction, and the sensor. The sensor

package is hybrid by the nature of the components
used. The sensor mechanical structure is shown in

Fig. 293. The preamplifier is soldered cordwood, and the

igniter circuitry is two-dimensional. All sensor compo-
nents are nonmagnetic.

The most significant problem encountered during

manufacture of the Magnetometer was quality control in

the electronic welding process. This difficulty resulted

from a difference in quality standards for welding be-

tween the vendor and JPL specifications. The problem

was resolved by training operators to set up and employ
weld schedules consistent with JPL standards.

Another problem encountered after fabrication was

rework of the sensors to install new lamps and cells and

to modify the RF matching networks. The sensors were

serially fabricated and some components were bonded
down over screws.

6. Test Experience

Environmental testing was performed in accordance

with JPL specifications. All TA and FA level testing was

completed without failure. The thermal-vacuum portion

of both FA and TA tests was performed in a special

thermal-vacuum chamber equipped with a magnetic
shield, and the instrument performance was monitored in

a low magnetic field. All environmental testing and

instrument calibration was supported by a test console

to monitor instrument functions using simulated data

automation system and power system interfaces.

During systems testing, the ambient magnetic field at

the magnetometer sensor location was maintained near a

null through the use of a Helmholtz coil placed around
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Fig. 293. Helium Magnetometer sensor
mechanical structure
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the sensor. The Helmholtz coil current was controlled 
from the science OSE. One significant problem was dis- 
covered during system testing. When NRT power was 
on, there were large power-line transients at  8% cps 
while the buffer memory cores were being reset. The 
magnetometer outputs are derived from 25- and 50-cps 
signals from the sensor. The harmonics of 8% cps tran- 
sients were not sufficiently filtered in the power supply, 
and they beat with the 25- and 50-cps signals in the sig- 
nal chain, causing very low frequency signals at the mag- 
netometer output equivalent to 30 y field disturbances. 
To eliminate the problem, modifications were made in 
the power supplies to incorporate additional filtering, 

H. Television Subsystem 

1. Experimental Objectives 

The purpose of the television subsystem is to make 
preliminary topographic reconnaissance of portions of 
the surface of Mars; to attain an improved knowledge 
of areas of possible living matter through photographs; 
and to attain additional knowledge of Mars surface 
reflectivities to aid the design of future, more detailed 
photographic missions. 

2. Description 

a. Physical description. Of the six subassemblies con- 
tained in the television subsystem, two (the optics and 
the camera head) are joined together and located on the 
scan platform of the spacecraft. The other four subassem- 
blies, comprising the bulk of the electronics, are con- 
tained in standard Mariner subchassis and located in 
spacecraft Bay 111. 

In each subassembly, the electronic components were 
mounted on fiberglass printed circuit boards. Printed 
circuit wiring was used throughout the subassemblies. 
Wherever similarities in circuitry made it possible, en- 
capsulated welded electronic modules were used to con- 
serve volume and weight. 

The television subsystem is comprised of six electronic 
subassemblies, as follows: 

1. The optics subassembly, which contains the beryl- 
lium Cassegrain mirrored telescope with shutter 
and stray-light shield (Fig. 294). 

2. The camera-head subassembly, which contains the 
vidicon tube, the tuned preamplifier, the 100-kc 
oscillator, filtering circuits, and distribution circuits. 

Fig. 294. Beryllium cassegrain mirrored telescope 

The electronic circuits are located in separate com- 
partments around the vidicon tube, and are elec- 
trostatically shielded from each other. 

3. The video channels and computer subassembly, 
which contain all video channel functions, gain- 
control computer circuitry, planet acquisition cam- 
era control and computer circuitry, the frame control 
logic and control logic gates of the camera con- 
trol logic functions. 

4. The deflection and control subassembly, containing 
all the sweep functions, the G1 control and shutter 
control circuitry, and the DAS command logic and 
divide-by-25 logic control circuitry. 

5. The TV encoder subassembly. 

6. The transformer-rectifier power supply subassembly. 

Each TV subsystem instrument contains 2036 elec- 
tronic components and weighs 11.3 lb. The power con- 
sumption is 8.0 w. 

b. Functional description. The television subsystem 
consists of a single camera using a narrow angle tele- 
scope. The camera is a shuttered system that uses a slow- 
scan vidicon capable of storing an image with negligible 
degradation for a 24-sec frame time. The subsystem was 
designed to take and encode two-color T V  pictures upon 
receipt of frame and line start signals from the DAS. 
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The photo image is focused onto the vidicon photo-

conductive target by the optical assembly. The exposure

time is controlled by the shutter. The output signal from

the vidicon tube is the electrical video signal. This video

signal is amplified and the amount of amplification is

controlled to provide an output video signal within a

specified voltage range. The signal amplitude is sampled

and measured to provide an indication of when the planet

is in view. A computer in the subsystem performs these

functions of gain control and signal amplitude measur-

ing. The analog video signal is then converted into a

digital form for processing in the DAS and storage in

the tape recorder. A functional block diagram of the sys-

tem is shown in Fig. 295. The subsystem is divided into

eight functional parts.
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Fig. 295. Television subsystem functional

block diagram

Optics and shutter. The optics and shutter comprise

the mechanical assembly of the telescope and the

shutter/filter. The telescope is an _/8 Cassegrain with a

12-in. effective focal length and a 1.05 × 1.05-deg field

of view. The shutter is a rotating disc type, with a filter

introduced into the light path by the application of a

current pulse.

Camera head. The camera head contains the vidicon

tube, preamplifier, 110-kc oscillator, and filtering and

distribution circuits. The vidicon tube is the photosensor

that provides the electrical video signal. The ll0-kc

oscillator provides vidicon beam modulation, which

serves as a carrier for amplitude--modulated video infor-

mation. The video signal is amplified by the tuned

preamplifier.

Sweeps. Deflection of the vidicon beam is controlled

by the horizontal and vertical sweep circuits and the

4-kc oscillator. The sweep circuits provide the voltages

necessary for horizontal and vertical deflection of the

vidicon beam both during picture readout and when

the vidicon target is being erased and primed for the

next picture.

Camera control and computer. The gain control com-

puter, shutter control, G1 control, and planet acquisition
circuits are contained in the camera control and com-

puter. These circuits perform simple computer operations

and provide control of functions that affect the TV sub-

system operation and dynamic range. Control of shutter

time, video gain, vidicon beam current, and planet acqui-

sition sensing are performed by this circuitry.

Camera control logic. The camera control logic con-

sists of the external DAS command logic, divide-by-25

logic control, frame control logic, and control logic gates.

These circuits provide logic control of all camera timing

functions such as shutter, picture readout, target erase

and prime, and other switching functions.

Video channel. The video channel provides amplifica-

tion, demodulation, and direct current clamping of the

video signal. The video channel consists of an RF ampli-

tier, a detector, and a video output amplifier.

Analog-to-digital conversion. Analog-to-digital conver-

sion of the TV picture data is accomplished with PCM

conversion to six bits per picture element. These data are

clocked out to the DAS at 83,333 bps. The data output

conditioner, accumulator and shift register, analog-to-

digital comparator and gates, 1-Me clock and gate, ramp

generator, matrix, matrix buffers, programmer, and OSE

buffers perform this function. In addition, analog-to-

pulse-width conversions are performed on certain critical

TV performance data. The line-synchronization circuit

reconstructs line-synchronization information for the

camera control logic.

Transformer-rectifier power supply. The power supply

transforms the 2.4-kc square wave power, with appro-

priate regulation, into the voltages necessary to operate

the entire TV subsystem.
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The television subsystem provides several outputs:

1. PCM 83.3-kc data to the DAS: this is the digitized
video data.

2. Planet-in-view signal to the DAS: this signal indi-

cates that the subsystem has received sufficient
illumination from a source or has received a planet-
in-view command from the DAS.

3. Multiplexed data: this is an analog-to-digital pulse-

width conversion for two critical TV parameters,

signal voltage level and G1 readout voltage.

4. Digital status data: five digital bits are parallel-

decoupled to indicate the status of the video gain

control circuitry, color filter position, and shutter

exposure time.

3. Design Evolution

The Mariner Mars 1964 television subsystem evolved

from the design of the two-camera subsystem of the

Mariner B spacecraft. Most of the circuits used in

the Mars spacecraft TV subsystem were basically iden-

tical to the Mariner B design. Timing differences brought

about some changes in the logic circuitry, which pri-

marily involved changing the interconnections between

counting units and gates. The major areas of change that

evolved during the design and testing phases of the

Mariner Mars 1964 Project are discussed in the following
paragraphs.

a. Vidicon tube. With a 24-sec frame time proposed,
the camera tube that was selected for the television sub-

system had to be capable of slow-scan readout and of

storing an image with negligible degradation for the

time allotted. Light weight, ruggedness, small size, and

simplicity of design were the requirements that led to

the selection of an electrostatic vidicon tube. The photo-
conductor target material chosen for the vidicon was an

antimony compound or ASOS material, which had

been developed during the Ranger program. One of the

producers of slow-scan vidicons had experienced consid-

erable difficulty in manufacturing ASOS surfaces to

Ranger specifications. As a result, a new target material

based on a selenium compound was developed, which

was claimed by its manufacturer to have easier repro-

ducibility and the ability to withstand high temperatures.

To verify performance, two vidicons were manufactured,

in accordance with Mariner Mars camera tube specifica-
tions, and delivered to JPL for evaluation.

Apart from the new target material, this vidicon had

electrical characteristics generally similar to previous

tubes supplied for the Mariner program. However, some

desirable improvements (dictated by experience with

Mariner B TV subsystem) were incorporated.

The most significant characteristic of this new tube

and its target material was its ability to erase stored sig-
nals without the use of erase lamps as required for the
ASOS tubes. This characteristic eliminated an entire cir-

cuit, reduced the power requirements, and simplified

operation. The new target material also had improved

sensitivity and operating characteristics over a wider

range of temperatures than the ASOS surface. This tem-

perature characteristic eliminated the need for a tempera-

ture stabilization circuit that had been designed for the

Mariner B TV subsystem.

As design and testing of the subsystem continued, tests

of the first series of tubes with the new target material
revealed that saturation became evident at illumination

levels greater than 0.045 ft-cd-sec. As applied to the

Mariner Mars 1964 "IV camera, this would have necessi-

tated a reduction in the illumination supplied by the

optical system, and nullified any advantages gained by

the improvement in sensitivity. Therefore, steps were

taken to combine the feature of improved sensitivity with

a wider dynamic range. This was accomplished by a

modification in the processing of the photosensitive face

plate. The result was an increase in the saturation level

to 0.25 ft-cd-sec with a possible further increase in sensi-

tivity. The process required additional intermediate steps

in the treatment of the vacuum-deposited photosensitive

layer. While this altered process added more steps to the

preparation of the photosensitive target and a possible

reduction in the yield of acceptable vidicons, it was felt

that the improved performance iustified the change.

Delays in implementing the vibration environmental

evaluations of the flight-type vidicon tube were due, in

part, to uncertainties in the knowledge of the Mariner

spacecraft structural reactions to a vibration input. Be-
cause of the location of the TV camera on the scan plat-
form and because of the need for all subassemblies to be

extremely lightweight, complete spacecraft structural

testing was required to determine the magnitude of any

spacecraft resonances that would significantly affect the

vidicon. As a result of the Mariner STM tests, the type-

approval specifications for the TV camera were changed.

Vibration testing of the vidicon indicated that it was

marginal and could not be relied upon to meet the

Mariner TA requirements. Therefore, a change was made

to a still more ruggedized electrostatic version of the

vidicon that had recently been developed for fast-scan

TV rocketry applications.
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Fig. 296. Electrostatic vidicon mechanical construction 

The mechanical construction of the electrostatic vidi- 
con is illustrated in Fig. 296. The original ruggedized 
vidicon is shown in Fig. 296(a) and the structurally modi- 
fied unit developed to meet the more stringent specifica- 
tions is shown in Fig. 296(b). A major problem during 
vibration testing was the relationship of the vidicon 
electrode assembly to the glass walls. Some flexibility 
was required during the glass-scaling processes to 
prevent glass fracture. This flexibility was obtained by 
close-knit wire-mesh spacers placed fore and aft of the 
electrode assembly. While the welded construction en- 
sured axial stability of the electrodes, radial flexing with 
high radial accelerations tended to cause vidicon failure. 
When this occurred, the electrode assembly was crushed 
and distorted against the glass walls, and fractures of the 
interconnecting leads were made possible. The improved, 
modified vidicon represented an effort by JPL and the 
manufacturer to maximize structural strength within 
the basic limitations of the electrode assembly structural 
design. Changes that were recommended included in- 
creased welding of the supports and an improved lead 
arrangement, particularly the G2 lead, which had con- 
sistently fractured during vibration testing. 

The combination of the new target material and the 
improved ruggedized tube resulted in the final flight 
vidicon tubes that met all requirements. 

b. Vidicon tube mechanical mounting. The mounting 
of the vidicon tube in the camera head chassis was criti- 
cal. The face plate of the vidicon had to be maintained 
at a specified distance from the optics for optical focus. 
The centering of the vidicon had to be maintained so 
that the small area of the vidicon face plate that was 
electrically scanned was the area on which the optical 
image was focused. 

The initial mounting method consisted of clamping the 
tube near the front and the back with teflon O-rings. In 
addition, the tube was held in axial compression against 
a front mounting surface by a spring arrangement acting 
through the tube socket. The subchassis was joined to 
the optics subassembly through three screws and two 
large threaded rings. The camera head chassis broke 
away from the optics subassembly during a TA prelim- 
inary test using the vibration specifications in existence at 
that time; the vidicon tube, however, was not damaged. 

A redesign of the connections between the camera 
head subchassis and the optics was undertaken. Manu- 
facturing problems had been encountered with the me- 
chanical parts used in the tube mounting; therefore, a 
new design of tube mounting as well as the subchassis 
was undertaken. This design required that a ring be 
bonded onto the vidicon tube near the face plate. (In this 
hard-mounted method, the front part of the tube is 
securely fastened to the front mounting surface, and the 
back part of the tube is also securely, but not as rigidly, 
held in place.) It was with this type of mounting that the 
original vidicon first failed TA vibration tests. 

Vibration tests had indicated that a hard-mounted 
modified vidicon in a fixture of unity-gain would pass 
the camera TA specifications. However, there was less 
assurance that it would pass specifications when the 
same tube was hard-mounted in a resonant configura- 
tion; i.e., with the camera head mounted where the 
acceleration could be amplified several times because of 
camera-head structural resonances. While the hard- 
mounted modified vidicon in the camera head aboard 
the PTM spacecraft survived the spacecraft environ- 
mental test, the same vidicon in the camera head was 
unable to survive the more severe TA specified tests at 
the subassembly level. 

To provide a higher level of confidence in the TV 
camera operation by ensuring performance at the TA 
assembly testing level, the tube suspension in the camera 
head was changed from a hard-mount to a radially flex- 
ing mount (soft-mount). This technique is illustrated in 
Fig. 297. Two cylindrical polyurethane foam dampers 
supported the tube radially. A spring-loaded centering 
device assisted the foam in centering the tube optically. 
The tube was constrained axially by the flat spring- 
loaded tube socket, and teflon bearing surfaces permitted 
the tube to slide freely in the radial direction. The axial 
socket pressure and the mechanical centering device pro- 
vided additional assurance of correct tube alignment in 
the event of any deterioration of the foam in space. 
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Fig. 297. Vidicon tube mechanical mounting, soft mount

With the tube mounted in the camera head, triaxial

accelerometers indicated that the gain was less than 2

over a 25- to 2000-cps range. No problems were experi-

enced passing TA requirements for the camera head sub-

assembly with this arrangement. Optical centering was

well within the specified tolerances after vibration.

c. Shutter. The shutter designed for the Mariner B

TV camera was a rotary blade shutter in which the

length of a single electrical pulse controlled the exposure

time. For the Mariner Mars 1964 subsystem, design

weight and power restraints imposed a shutter exposure

time of 200 msec. A shorter shutter exposure time re-

quires faster (larger and heavier) optics. A two-pulse

drive was chosen for the Mariner Mars system, as op-

posed to the single-pulse drive of the Mariner B design.

In a two-pulse system, the exposure is timed by the

electrical interval between pulses. In a single-pulse

system, the exposure can be controlled by a mechani-

cal delay. For a 200-msec exposure, a mechanically
timed system was no longer feasible, but an electri-

cally timed one-pulse system, similar to the Mariner B

shutter, would greatly increase the solenoid energy

requirements. Since the then current capacitor weight

for a 25-msec solenoid pulse was 0.3 lb, any increase in

pulse length would have completely nullified the weight

saved in the optical system.

During TA thermal-vacuum testing, a shutter stopped

operating. The problem was found to be thermally in-

duced binding between a teflon sleeve bearing and the

steel shaft. The use of teflon bearings was discontinued.

As the testing of the TV subsystems continued, it be-

came evident that some parts of the shutter mechanism

were subject to excessive wear. Electrofilm was used on

the parts that would come into contact with each other,

although even that would have worn after approximately

5000 cycles and resulted in a possible cold-weld in

space at the points of metal-to-metal contact where the

electrofilm had worn off. To improve this situation,

solenoids with nylon balls (rather than electrofilmed steel

balls) and a nylatron spool bushing at the interface of

the solenoid to the shutter linkage were tried. The shut-

ter operation with the new parts was marginal because

the new solenoids gave a lower output torque than the

former solenoids. The nylatron spool feature, however,

was found to be quite desirable.
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Because time limitations prevented a new solenoid

design, the decision was made to (1) rebuild the flight

shutters with solenoids of the original design, (2) replace
the link that adjoins the solenoid and is subject to wear,

and (3) install the nylatron spool bushing between the

link slot and the solenoid pin. To limit the number of

cycles on the rebuilt shutters, and thereby reduce the

chances of wear and cold-weld in space, the replacement

of the shutters did not occur until just before the final

system test of the spacecraft at Cape Kennedy.

d. Shutter controL As previously discussed, a two-

pulse shutter control rather than the one-pulse control

was required. A circuit to control the timing between

shutter pulses (exposure time) was required. The circuit

had to be capable of switching to either 80 or 200 msec.

In addition, a circuit for controlling the shutter pulse

width was required to ensure that the shutter solenoid

received sufficient electrical power.

As testing reached the point at which the shutters

started to fail due to wear, it was observed that the shut-

ters would open but would fail to close. A measurement

of the shutter drive pulses revealed that the magnitude of

the close-shutter current pulse was somewhat less than

that of the open pulse, resulting in a 20% drop in torque

in the drive mechanism. A review of the circuitry re-

vealed an alternate charging path through a diode that

permitted some of the charge of the dose-pulse capacitor

to recharge the then depleted open-pulse capacitor. The

diode was used to provide a charging path for the second

capacitor, but it was found that the second capacitor
could be charged through a transistor that becomes

reverse-biased during the charging time. With the diode

removed, the current pulses were almost identical and
provided equal power to the shutter solenoid.

e. Gain control computer. After the scientific require-

ments were established, it became apparent that the

television subsystem would have to cover a wide range

of illumination: bright at the subsolar region of Mars and

dark at the terminator. To cover this range, the video

gain would have to be fairly low so that high-light
video wouldn't saturate the amplifiers or the encoder.

However, if the video gain were low, the pictures taken
of the dark areas would have been useless because of
the lack of contrast.

A simple computer was designed to control four levels

of video gain. With the gain set high, four different atten-

uation circuits could be switched in the video signal

chain. The video signal level would be sampled and, if

the level were greater than 6 v, the next higher attenua-

tion would be used. The computer was designed to raise

the gain after a "red" exposure, but it could reduce the

gain after any exposure.

Due to uncertainties in the expected amount of Mars

illumination, an additional safety factor was incorporated
into the subsystem. Prior to planetary encounter, the

camera will be in the "photometer" mode. In that mode,

the vidicon beam current is larger than required for a

normal picture. This high beam current creates sufficient

charge at the target surface to prevent distortion by

excessive illumination. When the scene brightness is

greater than 900 ft-L, the video signal will be large

enough to cause the computer to issue a logic command
to the shutter control circuit to switch to fast-shutter

exposure time. The shutter control circuit will switch to

slow exposure time when the scene brightness decreases

significantly. The vidicon beam current will be reduced

to the normal amount after planet acquisition is achieved.

This computer greatly extends the dynamic range of the

TV subsystem in providing the capability to take both

good high-light and good low-light pictures.

f. Planet_in-view circuit. It became a requirement of

the mission to have the television subsystem provide a

backup planet acquisition indication. To meet this re-

quirement, a planet-in-view circuit was designed. This

circuit samples the video signal level and provides com-

mands when the signal level exceeds a certain reference

voltage for a specified period of time. One of these

commands unlocks the computer and causes the G1 con-
trol to switch the vidicon beam current to normal. The

other command gates on an oscillator that sends a con-

tinuous signal to the DAS. The planet-in-view signal

issued by the DAS bypasses the signal level sensing cir-
cuit and causes the commands to be issued.

During subsystem testing, this circuit was found to be

too sensitive and a refinement had to be made to prevent

a premature planet-in-view signal. The first six scan lines

were shorted out so that the shutter microswiteh pulses,

which occasionally appeared in the video signal, could

not initiate a planet-in-view signal.

4. Procurement

There were several areas of difficulty experienced in

procuring the television subsystem. Some of these areas
are described below.

a. Components. The television subsystem contained

2033 electronic components, all of which were to be

379



JPL TECHNICAL REPORTNO. 32-740.

screened before installation in the flight subsystem. Nu-

merous delays were encountered in this process. Some

delays resulted from the lack of procurement policies

geared to schedule commitments; others resulted from

inadequate realization of the schedule requirements by

those responsible for screening, stocking, or handling

components, and from poor feedback concerning failure

rates, lead-times, or deliveries of components. Still other

delays were the result of an inadequate review of the

screening specifications by all cognizant personnel.

These problems resulted in serious schedule delays
and increased costs due to work stoppages at two ven-

dors because JPL could not deliver the screened compo-
nents on schedule.

b. Transformers and chokes. The transformers and

chokes were designed to meet special requirements not

specified as "off-the-shelf" items. Preliminary designs of
these transformers and chokes were made at JPL, and

prototype items were fabricated at JPL. A subcontractor

was chosen who was able to produce transformers and

chokes superior to the prototype items and specifications.

Some problems did develop with the large high-voltage

power supply transformer, but these problems were rap-

idly solved and new transformer units were supplied

quickly.

A coupling transformer and an oscillator choke were

built and supplied by another subcontractor. These com-

ponents were to be used in the preamplifier and ll0-kc

oscillator, and required special care in design. Several

different designs were tried before the final ferrite

high-Q, cup-core design was chosen. The same material

from the same manufacturing batch had to be used
for the cores of both the transformer and the choke for

temperature stabilization. Unfortunately, the high-Q re-

sponse dropped somewhat when the items were encapsu-

lated, and it became necessary, because of noise pickup,
to shield the transformer.

Two coils per subsystem were required for the purpose

of exciting reed relay switches. These coils were built to

a JPL specification that had been written for a different

instrument. During the fabrication of a subassembly of

the TV subsystem, it was found that the lead wires would

pull out of the coil body while they were being stripped

of insulation.This led to a major redesign of the attach-
ment of the lead wires to the coil.

c. Shutter parts. The various shutter parts (i.e., link-

ages, wheel-latches) were made in a precision machine

shop under the supervision of JPL inspectors. The parts

were then shipped to JPL and assembled. The switches

were purchased from a vendor and were modified ver-
sions of an off-the-shelf item.

Four types of solenoids for the shutter were purchased

from another vendor. The first type was characterized by

an electrofilm coating, steel balls, a teflon coil insulation

and coil wrap, and resistance-welded lead attachment
to the coil. However, a second type was purchased

because the electrofilm wore off and the lead attachment

caused some difficulties.

This type consisted of teflon overall coating, soldered

lead attachment, steel balls, teflon coil insulation and

coil wrap, and a teflon bearing. The teflon coating on the

ball races caused trouble, and the teflon bearing bound

at certain temperatures. The soldered lead attachments

were also a problem.

The third type had nylon balls, another electrofilm

overall coating, a bronze bearing, and ML insulated
wire. Terminals were used instead of lead wires. This

solenoid type failed because of low torque.

The fourth type had steel balls, the same overall elec-

trofilm coating as the third unit, teflon coil insulation and

coil wrap, a bronze bearing, and a resistance welding

and soldering lead attachment. This type of solenoid

worked well until after 30,000 cycles, at which point the

bearing became gritty. Solenoids of this type were retro-

fitted at Cape Kennedy.

d. Telescope. The prototype telescopes were manufac-

tured by a third subcontractor. The parts for the flight

units were made at the vendor's precision machine shop,

source-inspected by JPL QA, and sent to JPL. At JPL

the parts were reinspected and then sent to a fourth sub-
contractor for assembly. The fourth subcontractor also

manufactured the optical mirrors. All of the flight tele-

scopes were delivered ahead of schedule.

e. Vidicon. The first vidicons started out with an ASOS

target material. The modified vidicons featured a sele-

nium compound target material. Three tubes with the

new-type selenium compound target material were sup-

plied by the manufacturer. Based on the results of the
best tube of the three, a specification for slow-scan

vidicons, which would meet the Mariner Mars 1964 re-

quirement, was submitted to the manufacturer.

After the tube failure in TA vibration testing, this

manufacturer supplied a vidicon that had been devel-

oped for TV rocketry applications. The new tubes
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proved satisfactory and became the final flight-type

tubes. Retrofitting of these tubes into the flight TV sub-

systems occurred in June and July of 1964.

5. Fabrication

Four television subassemblies using electronic welded

cordwood modules were fabricated by a subcontractor.

The camera head subassembly was fabricated by JPL,

and all subassembly testing was performed by JPL.

6. Test Experience

a. Television subassembly and subsystem testing. Each

subassembly received preliminary testing prior to being

assembled into the subsystem. The subassembly testing

consisted of individual circuit operation, installation of

trimming components, temperature testing, and telemetry
point calibrations as required.

Subsystem assembly and testing consisted of operating

the entire subsystem by (1) setting adjustable potentials

for optimum camera performance; (2) aligning vidicon

sweep; (3) sizing the vidicon raster; and (4) untwisting

the vidicon sweep format. Upon successful completion of

this operation, the subsystem was given flight-acceptance

or type-approval testing.

b. SN/MC-I prototype television subsystem. For FA

and TA testing, the TV subsystem was divided into two

units. One unit was the camera head and optics, and the

other unit was the electronic circuitry. The camera head

unit was tested to the levels specified for assemblies

under 10 lb. The electronics unit was installed in a large
Mariner chassis filled with other simulated science sub-

assemblies, and tested to the levels specified for assem-

blies over 10 lb. Only the electronics unit of the SN/MC-1

subsystem was vibration-tested because the prototype

camera head, which had failed during TA vibration test-

ing, was slated to be replaced by a second prototype

camera head of a new mechanical design. This second
unit was intended to be retrofitted into the SN/MC-1
subsystem at a later date.

The thermal-vacuum portion of the FA testing was
started in November 1964. The thermal-vacuum test

was interrupted by a failure in the encoder subassembly,
which was due to a defective welded electronic module.

The testing was resumed, but only a marginal picture

was obtained at the lower limit of the temperature cycle

because of bit errors in the encoder. Satisfactory results

were obtained at the high-temperature portion of the

test. The high voltage transformer in the power supply

failed just after the completion of thermal-vacuum test-

ing. An analysis of the faulty transformer showed that a

redesign of the construction technique was required.

Post-test engineering calibrations agreed with the
pre-test data. These data were taken as a short-form

calibration to provide a base line from which to make

quantitative judgments on the effects of environmental

testing on the TV subsystem.

The SN/MC-1 TV subsystem was delivered to the
science STC for checkout with the other science sub-

assemblies before delivery to SAF. Fabrication and

subassembly testing on the prototype retrofit camera

head was completed, and the subsystem was returned

from SAF in January 1964 for retrofitting. The subsystem

was reassembled, tested, and re-delivered to SAF. Inspec-

tion, FA testing, and corfformal coating of the camera

head were waived by the Spacecraft Systems Manager

because of the urgency of the schedtde.

Initial spacecraft testing was hampered by interface

difficulties with the DAS and the OSE, although con-
tinued testing resolved these difficulties. A failure oc-

curred in the camera head due to the shorting of two

transistors. The circuit was carefully analyzed and a
minor design change was made.

Two problems were encountered with the SN/MC-1

subsystem. In the first, the vidicon tube became over-

exposed from an improper light concentration and caused

an erroneous planet acquisition signal to be initiated by

the subsystem. The vidicon tube spot caused by the over-

exposure of light was erased by a special procedure. The

planet-in-view circuitry was slightly redesigned to in-

crease the light integration time and eliminate small

bright-spot sensitivity. A special ham-off procedure was

made part of spacecraft testing to prevent the camera

from being turned off in an open-shutter condition. In

the second problem, excessive bit errors in the DAS out-

put TV data occurred, which were found to be caused

by a missing capacitor in the TV encoder. The missing
capacitor was also determined to be the cause of the bit-

error problem during FA thermal-vacuum testing. Tele-

vision subsystem operation was normal in all PTM

spacecraft testing after that time.

Pre-test calibrations were made and type-approval

testing was performed in accordance with JPL specifica-

tions. Type-approval testing included dynamic and static

magnetic-field tests, RF interference tests, shock and

static acceleration tests, thermal shock tests, a bench
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handling test, explosive atmosphere and humidity tests,

thermal-vacuum tests, and vibration tests.

During the vibration tests, a failure occurred in the
camera head and the vidicon tube was found to be dam-

aged. The vidicon tube was replaced and another vibra-

tion test was conducted, with the result that another

vidicon tube was damaged. The prototype camera head
was then used for numerous vibration tests to aid in the

testing of new type vidicons and to develop a new

mounting method. A new soft-mounting tube method

was installed in the prototype camera head, and a new

type of ruggedized vidicon tube was used for the final

vibration test, which was successful with these modifi-
cations.

During the TA thermal-vacuum testing, a shutter fail-

ure occurred that was caused by a thermally induced

binding between a teflon sleeve bearing and the steel

shaft of the solenoid. The use of a teflon bearing was
discontinued, and a new solenoid was installed in the
shutter.

The camera head unit was installed aboard the STM

spacecraft, which was then tested to greater-than-

expected launch vibration levels. The prototype subsys-

tem operated normally after the test.

Type-approval RF interference tests were conducted

on the SN/MC-1 subsystem. After a week of testing, the

shutter operated marginally because of excessive wear on

the link, which required reworking. (This shutter was the

same one used on the camera head during the tube

mount testing and developmental program.)

A transistor failure occurred after the TA shock test.

The cause of the failure was determined to be a defec-

tive component and was not directly traceable to the
shock test. No failures occurred when the shock test was

repeated. The TA thermal shock test on the camera-head

unit completed the TA testing program. The SN/MC-1

subsystem was then prepared for life testing.

c. SN/MC-2 television subsystem. There were no

problems encountered in the flight-acceptance tests, and

the post-test engineering calibrations indicated normal

TV subsystem performance. The TV subsystem operated

normally during the first system test of the MC-2 space-
craft, except that it could not be induced into a fast

shutter operation. The problem was caused by a low

output voltage from the TV power supply. The subsys-

tem was removed from the spacecraft and bench-tested.

Operation was normal after the TV power supply was

adjusted and the subsystem was returned to SAF.

The retrofitted camera head underwent FA vibration

testing and thermal-vacuum testing, after which the en-

tire subsystem was delivered to SAF and installed aboard

the MC-3 spacecraft. The TV subsystem operated nor-

mally, except that two black lines appeared through the

middle of each picture. This black line problem was

caused by white spots or tube blemishes in the vidicon

black-mask area, which caused the subsystem to lose black

clamp.

The SN/MC-2 subsystem was installed on the MC-4

spacecraft, and operated normally during the first sys-

tem test, except for the same two black lines that had

appeared previously. The TV subsystem was removed

from the spacecraft, the vidicon tube was replaced, and

the black line problem ended.

The SN/MC-2 subsystem was calibrated and desig-

nated as a flight spare. It was shipped to Cape Kennedy

and installed aboard the MC-3 spacecraft while the

SN/MC-4 subsystem was receiving a shutter retrofit and

calibration. All operations were normal. A calibration

verification test was performed, after which the shutter

was replaced with a rebuilt flight shutter and the final

calibration was performed.

d. SN/MC-3 television subsystem. No problems were

encountered during FA testing of this subsystem and

the post-test engineering calibrations indicated normal

operation.

The SN/MC-3 subsystem was delivered to the science

STC, and random transistor failure occurred during

checkout. The transistor was replaced and there was no

recurrence of the problem. The subsystem was then de-
livered to SAF and installed aboard the MC-3 spacecraft.

Subsystem testing aboard the MC-3 spacecraft showed

that the subsystem could not be induced into a fast shut-

ter condition because of a low TV power supply voltage.

(This same condition had occurred on the SN/MC-2 sub-

system.) The TV subsystem operated normally during the

first two system tests of the MC-3 spacecraft. The fast

shutter problem had not been corrected, but the cause
was known. Poor data was received from the first system

test, which was due to OSE problems. The data from the

second system test showed black words at the end of

each line. Tests performed a month later showed that the

problem was caused by the OSE.
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The subsystem was removed from the spacecraft for

camera-head retrofit and engineering change request up-
dating. The FA vibration tests and thermal-vacuum tests

were performed on the camera head after it was retro-

fitted. The fast shutter problem was eliminated by adjust-

ment of the power supply. The subsystem was then

delivered to SAF and re-installed on the MC-3 spacecraft

for vibration testing; TV subsystem operation was normal
during the verification tests.

During the pre-vacuum verification test, the black

word problem appeared again in the TV data and the

subsystem was removed from the spacecraft. Calibration

of the SN/MC-3 subsystem was performed, and there
was no recurrence of the black words at the end of each

line. The subsystem was then installed aboard the MC-4

spacecraft. The subsystem operated normally during all
testing of the MC-4 spacecraft at JPL, which included

vibration testing, system testing, and thermal-vacuum
testing in the space simulator.

The SN/MC-3 subsystem remained aboard the MC-4

spacecraft when it was shipped to the Cape in September

1964. The performance was normal during the first

AFETR system tests of the spacecraft. The TV was re-

moved from the spacecraft for shutter retrofit and cali-

bration, and was then reinstalled on the MC-4 spacecraft

where it performed normally for the last two system

tests held at Cape Kennedy.

e. SN/MC-4 television subsystem. There were no

problems encountered during the FA testing of this TV

subsystem, and post-test engineering calibrations con-

firmed normal operation. The subsystem was delivered

to SAF and then returned for a power margin test. (It
had received the camera-head retrofit before it was de-

livered to SAF.) During thermal-vacuum testing, the

vidicon tube originally installed displayed a defocusing

condition at low temperatures. Due to a shortage of

vidicon tubes at that time, it was decided to leave the

tube in the subsystem until a more satisfactory replace-
ment was received and tested.

The subsystem was delivered to SAF and installed

aboard the MC-3 spacecraft, but did not operate aboard

the spacecraft. It was removed from the spacecraft and

bench-checked, but no abnormalities could be found. It

was then installed aboard the MC-4 spacecraft where

it operated properly.

The SN/MC-4 subsystem was then removed from the

MC-4 spacecraft for a vidicon tube replacement. The new

tube was installed and, during bench testing, the subsys-

tem operation became intermittent and finally quit. A
bad microswitch in the shutter was found to have been

shorting the 10 v to the signal common. The nonoperat-

in_ conditions duplicated those conditions aboard the

MC-3 spacecraft when the subsystem had failed to oper-

ate. The switch was replaced and the design changed to
prevent this from happening again.

The subsystem was installed on the MC-3 spacecraft.

The data from the first pre-simulator verification test

with this subsystem showed black words at the end of

each line. The problem was isolated to be the OSE

and good data was finally obtained. Because of time

shortages, the subsystem remained aboard the MC-3

spacecraft throughout the space-simulator tests and all

subsystem operations were normal. Good operation of

the subsystem was noted during the final JPL system

test of the MC-3 spacecraft. The SN/MC-4 TV subsys-

tem was shipped with the spacecraft to Cape Kennedy.

The TV subsystem was removed from the spacecraft

as soon as it reached the Cape and a thermal calibration

was performed. (This testing had been bypassed when

the subsystem was installed aboard the MC-3 spacecraft.)

No further vacuum testing was required since the sub-

system had already been vacuum-tested extensively in
the space simulator.

Subsystem operation was normal during the first
AFETR system test. The subsystem was removed from

the spacecraft for shutter retrofitting and calibration. The

vidicon saturated during the calibration because of an

error in the illumination intensity when the subsystem

was first assembled and tested, and it was necessary to
change filters in the shutter to correct the condition. The

new filters gave the subsystem the greatest color separa-

tion of any of the TV subsystems. The final AFETR cali-

bration was then performed and the subsystem was

installed on the MC-2 spacecraft.

The operation of the SN/MC-4 TV subsystem was

flawless during all final operations before launch. These

operations included the final system test and the ESF

electrical tests. The SN/MC-4 TV subsystem was

launched on the MC-2 spacecraft.

f. SN/MC-5 television subsystem. This subsystem was

built with the new vidicon mount configuration. No

problems were encountered in the FA tests, and post-

test engineering calibration verified proper operation of

the subsystem.
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The subsystem was delivered to SAF and installed 
aboard the MC-2 spacecraft. Subsystem operation was 
normal during the second system test of the MC-2 
spacecraft. The camera head unit was removed from 
the spacecraft for the purpose of a shutter retrofit. The 
camera head was returned to SAF, and a special test was 
performed to verify proper operation of the subsystem 
with the new shutter. The video data appeared to be 
anomalous and shutter operation sounded irregular. The 
entire subsystem was removed from the spacecraft and 
bench-checked. It was found that the shutter would not 
operate properly with the new nylon ball solenoid. The 
shutter was reworked and the former solenoid reinstalled, 
after which proper operation of the subsystem was 
verified. 

The SN/MC-5 subsystem was reinstalled on the MC-2 
spacecraft, and underwent thermal-vacuum testing in 
the space simulator. All subsystem operations were nor- 
mal. Some very small white spots were noticed on the 
pictures taken with no illumination and maximum gain. 
These spots were blemishes common to all the vidicon 
tubes. The subsystem operation was also normal during 
the verification tests of spacecraft vibration. 

The subsystem operation was completely normal 
throughout the final system test on the MC-2 spacecraft, 
and it was shipped with the spacecraft to Cape Kennedy 

A system test, ESF electrical test, and on-pad checks 
were held at Cape Kennedy. Proper subsystem operation 
was observed during all these different tests. The sub- 
system was then removed from the MC-2 spacecraft for 
calibration and shutter retrofitting. 

The error in calibration light intensity was discovered 
during final calibration, and the gain of the subsystem 
had to be adjusted accordingly. The subsystem was then 
returned to the spacecraft. 

During the AFETR final system test, the TV sub- 
system performed normally until the fast shutter test. 
The subsystem could not be induced into fast shutter. The 
change of the subsystem gain had raised the fast shutter 
threshold to a level just above the vidicon saturation. The 
threshold level was lowered by a simple trimpot adjust- 
ment that was made with the subsystem aboard the 
spacecraft. Because the threshold point was just slightly 
above the saturation level and only a very small adjust- 
ment brought the subsystem back to normal, a decision 
was made to lower the fast shutter threshold levels on 
all of the TV subsystems. The trimpot was, therefore, 

adjusted again. Another test of the SN/MC-5 TV sub- 
system aboard the spacecraft was held and the operation 
was entirely satisfactory. 

The SN/MCS TV subsystem operation was flawless 
during the final testing, which included ESF electrical 
tests, dummy on-pad checks, and on-pad tests. The 
SN/MC-5 TV subsystem was launched aboard the MC-3 
spacecraft. 

1. Planetary Scan Subsystem 

The planetary scan subsystem was the ancillary to the 
science subsystem used to acquire and track the planet 
Mars during the period immediately preceding the tele- 
vision picture-taking sequence. 

1. Description 

a. Physical description. The subsystem is composed of 
two electronic modules, a sensor assembly, and a drive 
motor. All elements of the subsystem, except the motor, 
are shown in Fig. 298. The center assembly contains the 
preamplifiers, optics, and detector, and is mounted on 
the planetary scan platform. The assembly on the left 
contains the power supply and motor drive electronics, 
and the assembly on the right contains electronics. The 
two electronic modules are mounted in electronics 
Bay 111. The subsystem weighs 5.65 lb and draws 4.65 w 
of 2.4-kc, 50-rms power, and 2.81 w of 4OO-cps, 28-v-rms 
power. The instrument contains 512 electronic parts of 
which 141 are either transistors or diodes. 

b. Functional description. The subsystem is designed 
to scan 180 deg in the process of searching for the planet. 
The scanning provides motion in one direction while the 
moving spacecraft provides motion perpendicular to 

Fig. 298. Mariner Mars 1964 planetary scan subsystem 
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the scanning plane. Limit-switch action produces signals
that reverse the direction of motion at the end of each

180-deg sweep. When the planet comes into the field of

view of the sensor, which is an optical system with a

25-deg field of view, the subsystem will switch to planet

tracking operation and the signal will be processed so

that the desired portion of the planet is used as nulling

plane for the servo system. This is called wide angle

acquisition. A 400-cps motor is used for searching and
tracking. To indicate that the planet has been acquired,

a 2.4-kc signal is routed to the data automation system

for processing. Upon receiving a scan-inhibit command

from the DAS, the scanning or tracking motion ceases.

Based on the mission requirements, the following de-

sign objectives were established: (1) an operating range

of 9000 to 70,000 km from Mars; (2) planet tracking accu-

racy of ± 1 deg plus 1_ of the planet angular diameter;

and (3) operating temperature range of -40 to +80"C.

The searching and tracking speed of the motor assembly

is 1/., deg/sec with an output torque of 30 in.-lb, and was

chosen to satisfy the subsystem's required dynamic re-

sponses and mechanical loading. A shaft-position poten-

tiometer, linear within 0.2%, indicates the scan-platform
position.

To accommodate the subsystem performance evalua-

tion during tests and in flight, six channels of data are

time-multiplexed and converted to a pulse width prior to

delivery to the data automation system for digitization.

To obtain a scan subsystem with a high probability of

accomplishing its mission, the following major guidelines

were established in the subsystem design:

1. Simplification of design by the incorporation of

devices with a minimum number of components

consistent with the design requirements

2. Performance of positive logical decisions and iden-

tification prior to each critical operational execution

3. Incorporation of subsystem redundancies to im-

prove the subsystem's reliability

A functional block diagram of the scan subsystem is

shown in Fig. 299. When the subsystem is energized, a

signal from a one-shot multivibrator circuit presets all

logic circuits, and the subsystem enters the planet-

searching mode of operation. This is accomplished by

placing a positive dc voltage at the output of the X-axis

filter through the use of the searching driver. This volt-

age is then phase-detected with a reference signal de-

rived from the 400-cps motor driving signal shifted

90 deg in phase. The phase-detected signal, after ampli-

fication, is used to drive the motor. Upon completion of

each 180-deg search, the motor reverses its drive by
sequence of:

. Planet-searching logic, which is reset by a wave-

shaped and noise-filtered signal initiated by the

limit switching action

. A dc voltage of the proper polarity, which is ap-

plied to the output of the X-axis filter by the search-
ing driver

3. The dc voltage, which is phase-detected, amplified,

and applied to the motor as directional drive signal

A radiation detector is used to detect the presence and

location of the planet. \Vhen the planet is in view of the

detector, a pair of dc signals will be generated, the mag-

nitudes and polarities of which will depend on the amount

of energy received and the location of the planet. The

X-axis output is used as the error signal for planet track-

ing, while the Y-axis output determines the angular posi-

tion of the planet with respect to the detector mount.

Both signals are modulated by a pair of photomodulators

prior to amplification by the preamplifiers and ampli-

tiers. A pair of synchronous detectors is used to de-

modulate these amplified ac signals before filtering.

The X-axis signal at the output of the preamplifier is

sampled by the planet-in-view logic, where noise filter-

ing and signal verification are performed. A planet-in-

_4ew signal is sent for the purpose of changing the

spacecraft data mode to the data automation system for

processing, and, at the same time, the subsystem is

changed from the searching to the tracking mode of

operation by inhibition of the searching driver's output.

The X-axis signal is then used as the servo error signal

to track the planet. The motor driving and directional

control perform identical functions while in either the

tracking or searching mode.

The filtered Y-axis output signal is amplified and con-

verted from a bipolar to a unipolar signal. This signal,

the platform position, and signals required for the sub-

system performance evaluations are time-multiplexed and

analog-to-pulse-width converted and sent to the data

automation system for processing.

To prevent a false planet acquisition, a dc signal of

sufficient magnitude for motor actuation is applied to the

output of the X-axis filter, and is used to drive the motor

in a fixed direction. Upon actuation of a limit switch, the
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Fig. 299. Planetary scan subsystem functional block diagram

subsystem is capable of switching back to the searching

mode if there is no out-put from the sensor X-axis.

2. Design Evolution

The concept of planetary scan was originated on the

Mariner A and Mariner B programs, during which

the system logic was developed to provide step scans
across the planet upon command from the data automa-

tion system. These systems were designed to operate in
a spacecraft in which weight and power could be

amply allocated to the system. To obtain a system having

the weight and power consumption compatible with the

Mariner Mars 1964 requirements, a new system was de-

veloped (Ref. 29). This system was designed to scan
across the surface of the planet at the radiation bisector

of the planet and above and below the bisector in a

triangular pattern. This scan pattern was later eliminated

and the sensor output was offset so that a desired por-

tion of the planet surface in the southern region was

selected as the nulling plane for the scan servo subsystem.

Two additional changes were made during the mission

planning stages. A fiber optics system (Ref. 30) was

originally designed as a part of assembly 31A1, but had

to be deleted because of problems encountered in the

fabrication of the fiber cone (Ref. 31). A backup optical

design was initiated and successfully completed. The

problems with the earlier fiber optical system were later

eliminated by the manufacturer.

The second problem was of the same nature as the

first. The sensor in the original design could not be

reproduced by the manufacturer in the quantity or with

the characteristics necessary to establish it as a reliable
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component. A second manufacturer was able to produce

a sensor of adequate sensitivity and stability. (Ref. 32

and 33.)

3. Procurement

Whenever possible, all electronics and mechanical

components of the planetary scan subsystem were pro-

cured by ]PL, screened, and tested before delivery to the

various manufacturers for subassembly fabrication.

The subassemblies fabricated by the various manufac-

turers were mechanically inspected and assembled at

JPL to form the units of the subsystem prior to electrical

testing.

A number of problems were experienced during the

procurement of electronic components that resulted in

slippages in the flight hardware completion schedule.

These delays were partly due to the relatively long lead

time required for the manufacturing of the highly reli-

able components and the delays in the delivery because

of priority. These difficulties were relieved by the estab-

lishment of the level of priority required for partial ship-

ment and through the assistance of other NASA agencies.

4. Fabrication

A total of 501 electronic components were required for

the fabrication of each subsystem. Wherever possible,

components having a history of high reliability were
chosen, tested, and screened in accordance with existing

specifications. Components designed and constructed for

performing special tasks were also tested and screened

to specifications written for that purpose. Since the sub-

system required various techniques for development and
fabrication (e.g., detector and optical fabrication, module

and electronic packaging), components and assemblies

were fabricated by manufacturers specializing in their
respective fields.

A number of problems were experienced in the fabri-

cation of the detector. The p-n junction was formed by

diffusing boron atoms into the top layer of the n-type

silicon bulk material to form a p layer. Evaluation of the

fabricated detectors indicated that the response was not
uniform across the surface. This was believed to be due

to nonuniform distribution of impurities. The impurity

density gradient towards the junction was also believed

to be nonuniform across the surface, thus producing an

irregular drift field affecting the speed of the minority

carriers toward the iunction. In addition, the detector
had a fragile structure, which made mechanical mount-

ing difficult. This fragility was thought to have been

caused by excessive thermal stresses during fabrication

while the silicon was being cooled too rapidly. Various

techniques of fabrication were developed to overcome

these difficulties. Detectors, which were fabricated by

the technique of diffusing impurities more uniformly

across the surface and cooled in a closely controlled

temperature environment, had a response that was fairly

uniform. To obtain detectors of an even higher quality,

units having superior characteristics were selected from

those fabricated with a yield of approximately 15%.

To conserve power, switching coil and magnetically

operated reed switches were used as the commutating

elements for the data multiplexing. The coil was con-

structed so that an electrically insulated metal spool was

used to contain the wire-wound coil with the spool as a

part of the shield. Signal leads were shorted to the
grounding shield when the unit was operating at high

temperature because of the differences in the temperature

coefficient of expansion of the various parts. The switch-

ing coils were then modified to use a removable spool,

thus enabling sufficient insulation to be placed between

the coil and the grounding shield.

To conserve weight, volume, and power consumption

without sacrificing reliability, thin-film microcircuit net-
works were used in the searching, tracking, and planet-

in-view logic circuits. These semiconductor networks,

along with the other logic electronic components, were

packaged in welded modules in order to take advantage

of their physical configuration and small dimensions.
Module No. 1 had dimensions of 1.20 × 0.57 × 0.40 in.

and contained five flip-flops, two NOR gates, two

resistors, and two capacitors. Module No. 2 was
1.50 × 0.47 × 0.43 in. and consisted of four flip-flops,

four NOR gates, five diodes, and three resistors.

5. Test Experience

Test procedures were established and tests were per-
formed to verify the subsystem design, capability, and

performance under simulated flight environments. Upon

completion of the mechanical testing, all units were care-

fully inspected for possible mechanical damage. The
thermal-vacuum tests were divided into a number of test

cycles, each consisting of a complete operational sequence

in the type-approval and flight-acceptance testing.

The subsystem successfully passed all tests and the

performance was within the limits specified. The follow-

ing problems were encountered.
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During the first cycle of the thermal-vacuum test of 
the type-approval subsystem, two scan reversals were 
observed that did not actuate the limit switches. These 
occurrences were determined to have been caused by 
transient noise introduced by monitor switching of the 
test equipment. The switching functions were minimized 
and no subsequent occurrences were observed during 
the second part of the test. Noise isolation was later 
incorporated into test equipment to keep these external 
interferences to a minimum. 

Bench evaluation of the subsystem performance upon 
completion of the flight-acceptance tests indicated that 
the sensitivity of the detector incorporated in the 
SN/MC-4 unit was unstable and had decreased. Since 
these tests were used to verify the ultimate detector sta- 
bility, the detector was replaced and all applicable por- 
tions of the tests were repeated. 

A 140-msec interruption of the planet-in-view signal 
was experienced during a spacecraft system test using 
the subsystem SN/MC-3 unit. Extensive analysis and 
tests were made to determine the cause of this behavior, 
but no conclusive test evidence was secured to indicate 
any subsystem operational abnormality. Investigations 
were subsequently initiated attempting to locate the 
cause external to the subsystem, again without results. 

J. Data Automation Subsystem 

ing, controlling, sampling, formatting, converting, buf- 
fering, and encoding of data from the science instruments 
or their ancillaries. In addition, it provides a central ter- 
minal for the issuance and receipt of commands to or 
from other spacecraft subsystems. 

The DAS is divided into two functionally and physi- 
cally separate units: the real-time DAS and the non-real- 
time DAS. The entire D.4S subsystem (Fig. 300) consists 
of: (1) the RT DAS, packaged in two 1112 X 6 X 7-in. 
chassis; (2) the NRT DAS, packaged in one 2 X 6 X 7-in. 
chassis; (3)  two identical 1320-bit core buffer memories, 
which are used in conjunction with the NRT DAS and 
are housed in one 1 X 6 x 6-in. chassis; and (4) two 
electrically separate ac-to-dc power converters (one for 
the RT DAS and one for the buffers and NRT DAS) both 
of which are packaged in one 11h X 6 X 6-in. chassis. 

1. Functional Description of the Real-time DAS 

A functional block diagram of the RT DAS is shown 
in Fig. 301. Its primary purpose is to gather data samples 
from the science instruments and arrange them in a for- 
mat suitable for real-time transmission by the telemetry 
link. The RT DAS performs the basic functions of analog- 
to-digital conversion, pulse-rate conversions, event tim- 
ing, and digital data transfers. 

The real-time DAS has three basic modes of operation: 
cruise, cruise-calibrate, and encounter. During the cruise 

The data automation subsystem is the nerve center of 
the science subsystem. It has to supply the synchroniz- 

mode of operation, the real-time DAS sharesthe teleme- 
try channel, and is synchronized with the engineering 

Fig. 300. Data automation system subassemblies 
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Fig. 301. Real-time DAS functional block diagram

data by a science gate signal from the data encoder at

the start of each data frame. In this mode, 280 bits out

of the 420-bit RT DAS frame are used by the data en-

coder for science. The remaining 140 bits are coinmu-

tated by the data encoder through 100 engineering
measurements.

The calibrate mode exercises the inflight calibration
circuits in some of the instruments. This mode is acti-

vated at 7.17- or 28.67-hr intervals, depending upon the

spacecraft bit rate. The format does not change during

this mode of operation. The Cosmic Ray Telescope

calibrate mode consists of a 128-frame sequence. During
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the 24-frame magnetometer calibrate mode, a sequence

of four commands is generated by the RT DAS. A single
start command is used to calibrate the Cosmic Dust

Detector.

The encounter mode, when enabled through the initia-

tion of Data Mode 3, adds the 140 bits normally used by

the data encoder from engineering measurements to the

RT DAS output.

a. Format. The data format of the real-time system is

shown in Fig. 302. Although the science data words are

of various fixed lengths (from 1 to 20 bits), the DAS

word length is 10 bits. There are 28 words (280 bits) in

the Data Mode 2 (cruise) format and 42 words in the

Data Mode 3 (encounter) format of which 10 are
encounter-oriented. The RT DAS is mechanized in such

a fashion that it always operates as though it were in

Data Mode 3. Dormant encounter instruments are sam-

pled through Data Mode 2 even though the telemetry

data encoder does not accept these 14 words. In this

manner, the DAS format is not changed for Data Mode 3;

it is merely expanded by appending the 14 encounter-

oriented words. During Data Mode 2, the DAS format
contains 39 measurements; in Data Mode 3, 61 measure-

ments are made.
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The RT DAS contains three output-counter shift regis-

ters (X, Y, and Z). These registers and their operation

during each data frame are shown at the top of the data-

word column of Fig. 302. They enable the DAS to make

analog conversions of the three axes in the magnetometer

simultaneously, thereby eliminating the correlation am-

biguities inherent in making successive samples of the

three axes.

Since the RT DAS is synchronized to the telemetry bit

rate, a change in the bit rate will only compress or ex-

pand the time scale of the DAS format. Every word and

bit that can otherwise be spared is used (as indicated

in Table 62) to give as much information about the status

of the science subsystem as possible. Each frame of RT

science data contains approximately 42 bits that are

known or are predictable a priori in Data Mode 2; an

additional 27 bits are added in Data Mode 3. The known

bits include: (1) 15 bits of pseudonoise sequence for the

identification of science data; (2) 3 bits of DAS serial

number to preclude any ambiguity if more than one

spacecraft is being tracked, and to furnish each system

with a distinguishable mark for the purpose of test his-

tory; (3) 11 bits of frame number to identify each frame

uniquely for recurring periods of 28_ hr; (4) 13 sign bits

that are always zero because of unipolar analog conver-

sions; and (5) 43 bits for continually monitoring the

internal status of DAS functions and events, and for

measuring predictable events in science instruments.

b. Data handling. The data handling accomplished by

the RT DAS consists of complementary count conver-

sions, interval and pulse counting, parallel data acquisi-

tion, and analog-to-digital conversions.

Complementary count. In an instrument containing its

own count accumulator (the Cosmic Ray Telescope), the

complement of the binary number in the accumulator is

read out by the DAS. This is done in a manner similar to

the way the DAS handles analog signals through the

Word Bit

2 1°

2

3

,4

5

6

7

8

9

10

12 1 _

2

3

,4

5

6

7

8

9

10

20 1 _

2

3

A

5

6

7

Table 62. Mariner Mars 1964 DAS real-time format details

Data

Pseudonoise sequence

Pseudonoise sequence

Pseudonoise sequence

Pseudonolse sequence

Pseudonoise sequence

Wide-angle acquisition

Narrow-angle acquisition

DAS serial number

DAS serial number

DAS serial number

Cosmic dust

Cosmic dust

Cosmic dust

Cosmic dust

Cosmic dust

Cosmic dust

Cosmic dust

Cosmic dust

Magnetometer calibrate

DAS frame number _

Magnetometer calibrate 1

Magnetometer calibrate 2

Magnetometer calibrate 3

Magnetometer calibrate 4

Planet-in-view (Mars gate)

Planet-ln-view (scan)

NRT power on

Word Bit Data

23

28

38

41

8

9

10

Cosmic ray calibrate

Magnetometer ignition

Cosmic dust commutator

System noise monitor

1" DAS frame

2 DAS frame

3 DAS frame

4 DAS frame

5 DAS frame

6 DA5 frame

7 DAS frame

8 DAS frame

9 DA5 frame

10 DAS frame

number

number

number

number

number

number

number

number

number

number

10 bits of NRT pseudonoise sequence from

buffer output

1a

2

3

4

5

6

7

8

9

10

"IV shutter time

TV automatic aperture control 3

TV automatic aperture control 2

TV automatic aperture control 1

TV planet-in-view

TV filter position

Inhibit scan

End-of-tape marker/TV frame start

Tape start/stop

Cosmic dust commutator

aMost significant bit.
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analog-to-pulse-width converters. The DAS sends a burst

of 111-kc pulses to the instrument for a maximum inter-

val of 11.5 msec. These pulses enter the instrument count

accumulator in parallel with the data input and are

simultaneously counted by the DAS. When the counter

in the instrument overflows, an inhibit signal is sent to

the DAS; the DAS, in turn, stops counting and sending

pulses to the instrument. The binary number in the DAS

register is one plus the one's complement of the original
number in the instrument accumulator.

Count rates. If an instrument having one or more

random count-rate outputs does not have its own count
accumulators, this function is performed by the DAS.

There are six such inputs to the Mariner Mars 1964

DAS. These count-rate inputs from the energetic particle

detectors are commutated so that four inputs are read

once every eight frames and two inputs are read once

every four frames. They are sampled for approximately

45 sec at 81/_ bps, and for one-fourth of this period at

the 331/3 bps telemetry rate. A single, 20-stage counter is

available for these inputs. When a one appears in the

twentieth stage, two stages of prescaling are added to

the count, although they are not read out since their use

is indicated by the twentieth bit. Twenty bits are read

out each frame for the count-rate data inputs.

Interval and pulse counting. The Ionization Chamber
data are encoded in a different manner from the data of

any other instrument; the Ionization Chamber pulses are

counted continuously by the DAS and are encoded in

two different ways. At a fixed point in each frame, the

10-stage ion-pulse interval counter is reset and six stages

of the counter begin counting pulses having a 1.2-sec

period (at the 331/z bps telemetry rate, the time interval

is 0.3 sec). When the first ion pulse occurs, it inhibits the

6-bit time count for the remainder of that frame; it is

also counted in a three-stage counter, thereby giving the
time from the last reset to the first pulse and the total

number of pulses in that frame. When 7 pulses have been

received in one frame, the 6-bit time portion of the reg-

ister is reset to zero. When 8 pulses are received, the

tenth stage is set to indicate that the remaining 9 bits

then represent a stxaight binary count of accumulated

pulses; the tenth stage remains a one for the remainder

of the frame. The register will overflow upon receipt of
511 pulses.

Parallel data. When it is not required that registers in

an instnlment be cleared upon readout, or when only a

few bits are to be read, the DAS performs a parallel bit
transfer. This is done for the Cosmic Dust Detector and

the television subsystems. The Cosmic Dust Detector has

two 8-bit registers that are sampled during alternate

frames. The TV subsystem has 5 bits of status informa-

tion (shutter time, filter position, planet-in-view, and

automatic aperture control 1, 2, 3) which is read once

each frame during Data Mode 3.

Analog-to-digital conversions. The use of an analog-

to-pulse-width converter can improve analog-to-digital

conversions in systems in which physical separation of

the analog source and the digital converter is a necessity.

In such systems, the transmission of analog signals from

one part of the system to the other may result in errors in
measurement due to noise interference.

When a measurement is to be made, a read command

is initiated by the DAS and sent to the instrument. An

analog-voltage-to-pulse-width converter in the instru-

ment generates a rectangle whose length is proportional

to the magnitude of the voltage being measured. The

trailing edge of the rectangle is shaped and sent to
the DAS.

Coincident with the generation of the read command,

a gate is opened allowing a known clock frequency to be

counted in a DAS register. When the delayed signal is

returned by the instrument, the gate is closed and the

state of the counter represents the analog voltage.

2. Functional Description of NRT DAS

The primary functions performed by the NRT DAS

(Fig. 303) were to:

1. Provide logical control of the encounter sequence

2. Control the television and video storage subsystem

operation during encounter

3. Format, identify, and buffer the television data

before transferring it to the video storage subsystem

4. Provide logical control of real-time data transferred

from the RT DAS to the tape recorder

The NRT DAS has three basic operational modes:

reset, cycle, and record.

a. Reset mode. The reset mode is listed among the

operating modes even though it represents an essentially

nonoperative condition of the NRT DAS. The reset mode

is in effect until the dc supply voltages have stabilized

at their proper levels after the application of 2.4-kc

power to the power supply unit. The 2.4-kc power is
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switched to the DAS by the CC&S or by ground com-

mand. During the application of power, critical control

functions have to be maintained in an off condition.

b. Cycle mode. During the cycle mode, which becomes

effective when dc voltages are developed, the NRT sys-

tem performs all of its normal data sampling functions.

The TV pictures are commanded and data samples are

taken and stored in the core buffers. During this time,

however, tape start commands are not generated, and

data are not recorded on magnetic tape.

The cycle mode was a system requirement, since the

television subsystem required certain control signals from

the DAS to synchronize its logic. The scan subsystem

detects the planet during the cycle mode and produces

the wide-angle acquisition signal. The wide-angle acqui-
sition signal is routed to the data encoder and to the

RT DAS to initiate Data Mode 3. The NRT system re-

enters the cycle mode at the end of the record mode and

remains in this condition until power is removed from

the system.

c. Record mode. The record mode is enabled when

the planet comes into the field of view of either the TV

vidieon or the nalTow-angle Mars sensor. The record

mode is also enabled by ground command DC-16. Dur-

ing the record mode, data are acquired as shown in

Fig. 304, which is a gross timing diagram of the NRT

encounter data frame. During the 144-sec encounter

data frame, two TV pictures are taken and recorded

during subframes zero and two. A TV picture contains

a 200 × 200 element matrix of discrete points, and

24.12 sec are required to read, identify, and record the

data. An additional TV picture, indicated by the dotted

line, is shuttered but not recorded. The phase of the sub-

frame counter, which is cycling continuously during the

cycle mode, is an additional condition for the entry of
the system into the record mode. The record mode, there-

fore, is entered in such a way that only complete en-

counter data frames are recorded on tape.

An encounter data frame pro&lees 401 data blocks of

approximately 1280 bits (one line) each. The number

of spare bits in each data block is a function of the sta-

bility of the 10.7-kc oscillator. During subframes zero

and two, TV and real-time data are multiplexed between

the two buffers. One block of data is generated every
120 msec (the TV line rate and the encounter real-time

telemetry rate).

The NRT system is capable of handling 1200 bits of
TV information, and of making one analog-to-digital con-

version of 10 bits and a number of parallel digital trans-
fers in the 120-msec line interval.

The record mode is terminated when the second end-

of-tape loop signal occurs in the tape recorder. A backup

signal from the DAS can also terminate the record mode

when 22 TV pictures have been commanded.

3. Physical Description

The flight configuration of the DAS (excepting the

interconnect harness) is shown in Fig. 300. The system is

composed of these five subassemblies plus nine ancillary

analog-to-pulse-width converters, which are located in
the science instruments.

Subassembly 20A1, the NRT-DAS buffers, contains

two physically and electrically identical 1320-bit-serial,

sequentially-addressed core memories or buffers. The

average weight of these subassemblies is 1.25 lb.

The non-real-time subsystem was packaged on one

subassembly, which contains 52 welded cordwood mod-

ules and weighs approximately 3.25 lb.

The real-time subsystem was packaged in two subas-

semblies, and is composed of 86 pellet-component mod-

ules, 11 transformer modules, and 1 crystal module. The

two subassemblies weigh approximately 2.8 lb and 2.6 lb
each.

One subassembly contains two independent power

supplies: one for the NRT DAS subassembly and buffers,
and one for the two RT DAS subassemblies. The com-

plete power supply weighs 2 lb. When energized, the
NRT DAS draws 5.6 w of 2.4-kc, 50-v-rms power.

The RT DAS uses 6.5 w of 2.4-kc, 50-v-rms power. The

DAS contains 11,130 components, including 961 transis-

tors, 3520 diodes, and 2640 cores (for the buffer storage).

4. Design Evolution

The initial design envisioned a science subsystem that

relied upon synchronization and interrogation signals

from the data eneoder, and upon switching and control

functions from the central computer and sequencer. The

data conditioning required for each instrument was to

be accomplished in the instrument.

It soon became apparent that the functions necessary

to properly operate the science instruments could not
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be supplied from either the data encoder or the central

computer and sequencer. In addition, it was decided that

the handling of the digital output of the TV data would

be done by a science data automation system, but that

the video data would be digitized within the TV sub-
system itself.

As the number of instruments increased from five to

nine, the complexity of the DAS increased from simple

data conditioning to that of data sequencing, buffering,

converting, and controlling. With a growth in the re-

quirements placed upon it by the instruments and the

spacecraft, the DAS design had to be modified in the fol-

lowing manner:

1. The tape recorder was made into a separate sub-

system (video storage subsystem).

2. The DAS was split into two separate sections:

(a) the NRT DAS, comprising the control logic for

the encounter instruments and the buffers; and

(b) the RT DAS, comprising the real-time control
logic.

3. The power supply was split into two completely

separate parts, one for the RT DAS and one for the

NRT DAS. The NRT DAS power supply is ener-

gized only during the period that the encounter

instruments are operating.

4. The DAS format was changed to incorporate new

instruments, which necessitated changes in both the
design and the interfaces of the DAS.

In March 1963, a NASA Headquarters' review resulted

in another modification to the science subsystem; some
instruments were removed and new ones were added.

These changes forced another redesign of the RT DAS,

which occurred after the DAS design was to have been

frozen; as a result, the actual design freeze could not be

made until May 15, 1963.

After the first PTM spacecraft system test, a number
of modifications were made to the DAS to enhance the

performance of the science subsystem and the spacecraft.
These were:

. Isolation of bit synchronization between RT and

NRT DAS to prevent one from interfering with the
other

2. Increase of DAS output pulse margins to the instru-
ments

3. Modification of event registers to use NRT power-
on as the set function

4. Improvement of narrow-angle-acquisition interface

isolation with the RT DAS, through the use of an

isolation amplifier, to prevent a false indication of

planet acquisition

5. Modification of the logic to prevent spurious pulse

output at NRT power-on and power-off

6. Modification of NAMG interface circuits to prevent

shorted or open connections between the NAMG

and the DAS from causing false planet acquisition

7. Reduction of high-speed flip-flop loading

8. Increase of high-speed flip-flop margins

9. Elimination of four high-speed flip-flops

10. Modification of the output of the DAS to be "data"
instead of "not data"

11. Decrease of capacitive loading and isolation of some
RT DAS functions from those in the NRT DAS

12. Addition of event register outputs to the OSE

13. A decision to revert the NRT DAS to welded cord-

wood construction rather than pellet construction

The removal of the ultraviolet photometer in July 1964

resulted in elimination of the encounter-dependent func-

tion of the RT DAS format. This was accomplished by

shifting a few wires in the gating circuits, and was con-

sidered to be only a minor change.

5. Procurement

The building of the main DAS, consisting of the RT

and NRT logic subassemblies, was subcontracted. The

contract included the logical design of the complete

DAS, the integration of the buffers and power supplies

into it, parts screening, and field service at JPL and

Cape Kennedy

The power supply subassembly was designed, devel-

oped, and fabricated to the DAS power supply design

specification. The screened electronic components were

furnished to the subcontractor by JPL.

A contract was awarded to a separate firm for the pur-

poses of: (1) investigating the packaging techniques,

manufacturing, testing, and quality-assurance procedures

and component screening criteria in relation to the pellet

components being used in the system; (2) investigating

and evaluating manufacturing and testing procedures and

the quality assurance program of the suppliers furnishing
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pellet-type components; and (3) recommending methods 
for increasing the reliability of the components and the 
system. 

The analog-to-pulse-width converters were fabricated 
under a fixed price contract. The design and develop- 
ment of these modules was accomplished at JPL. A con- 
tract for a pelletized converter was cancelled in July 1963 
because of serious component interconnection problems. 
A welded version of the XRT DAS was subcontracted in 
December 1963. 

6. Fabrication 

a. Real-time DAS subassemblies. The RT DAS logic 
was fabricated from pellet modules. The term module, as 
it is used here, refers to pelletized (resistors, capacitors, 
and diodes) and miniaturized (TO-47 cased transistors) 
components assembled into a unit capable of performing 
discrete logic functions. Two module configurations 
used 1.4 X 0.9 x 0.275 for storage elements and 
1.4 X 0.7 X 0.275 for decision elements. Each module 
was composed of two envelopes, which were not neces- 
sarily complete in themselves. .4n assembly-level diagram 
is shown in Fig. 305. In terms of circuits, there are three 
non-exclusive categories: interface, storage (e.g., flip- 
flops), and logic gates. These circuits were packaged one 
or more per pellet envelope. Two envelopes were assem- 
bled and formed a circuit module containing one or more 
complete circuits. Logical significance was lost at the 
stick level and did not reappear below the final assembly 
level. A typical envelope is shown in Fig. 306. (The 
screening serial numbers are clearly seen on the tops of 
the transistor cases.) Figure 307 shows an assembly 
of five modules into a stick. Figure 308 shows one side of 
a tray (JPL module or blik-it) interconnected and wired 
to a pair of connectors and ready for checkout as a unit. 

,i’ NRT LOGIC SUBSYSTEM 

I 
T R A Y  

A I 
, 20;2 , , 2 , p 4  

I , q 3  , I 
SIDE A SIDE B SIDE A SlDE B SIDE A SIDE B SIDE 

I I 
P 

STlCK I STICK 2 STICK 3 STICK 4 
I 

STICK 

I 
MODULE MODULE MODULE MODULE MODULE MODULE MODULE 

A B C 3 E F 

TOP I BOTTOM ENVELOPE 

Fig. 305. Real-time logic assembly tree 

Fig. 306. Assembled data automation system envelope 

Fig. 307. DAS logic stick 

Parts screening. In accordance with Mariner Mars 1964 
mission requirements, a program mas established by 
which all components (pellet and conventional) were 
screened, burned-in, and identified at the subcontractor’s 
facility. The program had numerous shortcomings, but, 
in view of the scope of the undertaking, it had to be 
considered highly successful. One-quarter million com- 
ponents were screened, most of which were too small to 
be handled without mechanical aids. 

Screening and burn-in specifications were prepared by 
the subcontractor for all components not on the JPL 
Preferred Parts List. These specifications were subse- 
quently reviewed, modified, and approved by JPL. 
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Fig. 308. One side of a DAS logic tray 

Mechanical inspection procedures for pellet compo- 
nents were based on envelope fabrication requirements. 
These specifications included: 

1. 

2. 

3. 

4. 

5. 

6. 

7 .  

A 

Finish of contact surfaces 

Parallelism of contact surfaces 

Thickness 

Diameter 

Non-contamination and uniformity of pellct cdges 
(to prevent bridging or shorting) 

Cracks or delamination of ceramic materials 

Contact seal for pellet diodes 

final review of the rejcction rates of pellet compo- 
ncnts indicated that the majority of pellet rejects oc- 
currcd during initial mechanical inspection. 

Eizvelope assembly. Envelope assembly was performed 
in an area separated from normal production activity. 
Qualified components were received from the burn-in 
area with IBM cards containing component type, serial 
number, manufacturer, and value. A sheet of 3-mil glass 
epoxy was cut to size and drilled to accept components 

and leads in the correct location for each type of enve- 
lope. The leads were then inserted into a silicone-rubber 
holding block. 

Locating pins were set in a mold and used as registra- 
tion and holding points during molding and subsequent 
operations. To start the assembly procedure, the locating 
film was placed over the locating pins of one-half of the 
mold. The leads in their silicone blocks were inserted 
into the mold; the components were inserted in their 
appropriate locations in the glass-epoxy film, and these 
locations were recorded by circuit nomenclature on the 
component IBhl cards along with the envelope serial 
number (originated at that point). The components were 
handled only by means of vacuum tweezers, and the 
assemblers were required to wear white gloves or finger 
cots when hand-touching or holding the mold. A visual 
inspection was performed to ensure correct component 
insertion and location. The mold was closed with its 
mating half, and its bottom and side seams were sealed 
to prevent leakage of the epoxy. The mold was then 
closed and placed in an oven for preheating. The potting 
resin was weighed and preheated. It was then degassed 
under vacuum, the catalyst added and mixed, and poured 
into a lead toothpaste tube and again degassed. A com- 
pound mixture report was prepared showing proportions 
used, duration of preheat and degassing, and other per- 
tinent data. The epoxy was then injected into the mold 
from the tube, using minimal pressure, until epoxy was 
observed in the reservoirs. The filled mold was placed 
in an oven and cured for 1 hr at  140°F. 

The mold was removed from the oven, opened, and 
the excess material removed. The epoxy was not yet fully 
cured and was still flexible enough to permit handling 
without fear of fracturing the substrate, The envelope 
was inspected with a microscope at 16 to 20 magnifica- 
tion, and any epoxy over the component end-caps was 
carefully removed. Small pin-hole voids were repaired 
by injecting them with epoxy from hypodermic syringes. 
The substrate was given a final cure in an oven at 140°F 
for 1 hr to gain the full physical properties of the epoxy. 
Following this, the components were tested individually 
to ensure that diode polarity and resistor values were 
correct. 

Meanwhile, “masks” were prepared. (A mask is a 
stencil with an open area representing the interconnec- 
tion pattern required for the circuit in the envelope.) The 
mask was etched from sheet brass, using standard photo- 
lithographic techniques. The mask was applied to the 
substrate so that it was in intimate physical contact with 
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the surface of the substrate. The conductor and compo- 
nent areas were then cleaned and prepared for the 
vacuum deposition process. The substrates were placed 
in a holding fixture that had a capacity of six active 
circuits, a dummy substrate with sample components for 
destructive testing, and a monitoring glass slide for check- 
ing deposition uniformity and thickness. 

Deposition of the circuitry was performed in a spe- 
cially built vacuum-deposition chamber. To start the 
deposition process, the bell jar was evacuated and 
flushed with helium. Glow discharge in the helium atmo- 
sphere was performed at approximately 1.5 kv and 30 ma 
for 5 niin. At  the end of that time, the system was 
pumped down to less than 10-5 torr. At that point, a thin 
flash of nichrome was e1,aporated from a tungsten fila- 
ment. This was followed by evaporation of a preweighed 
charge of copper and then by a coating of tin indium 
from molybdenum boats. The electrical resistance of the 
deposit on the glass side was tracked during deposition 
to ensure that preestablished maximums were not ex- 
ceeded. The resistance value was converted to a thick- 
ness reading for control purposes. Kichrome was used as 
a base coat to enhance adhesion of the deposited mate- 
rial to the substrate. The copper layer was used to con- 
duct and to build up a material thickness for subsequent 
operations. The tin-indium deposit unifornily pre-tinned 
the materia1 before soldering. 

\\'hen the substrates were removed from the bell jar, 
the masks were removed from the dummy and it was 
subjected to a deposit adhesion and soldering test. The 
acceptance of the active circuits was predicated upon 
the outcome of these tests. 

Due to low temperature constraints. a 50-50 tin- 
indium solder was used for soldering transistors onto the 
envelope. This alloy has a melting point of 117°C and 
soldering was perfonned at 130" C. Fountain soldering 
was used because the solder can be protected from con- 
tamination by an oil bath. The envelope was fluxed and 
immediately soldered. The flux and oil were cleaned 
from the emelope, and the solder was inspected under 
a microscope for cleanliness, granulation, non-wetting. 
and adhesion. U-hen this inspection was completed. the 
transistors were inserted and hand-soldered in place. 
The envelope \vas then encapsulated to protect the cir- 
cuitry from handling and em.ironnienta1 hazards. The 
cncapsulant was transparent with a low-dielectric con- 
stant for minimum effect on circuit characteristics. The 
circuit was subjected to an electrical inqpection and 
marked according to its circuit use. 

Two envelopes were joined together to make a module. 
Up to seven modules could then be mounted onto an 
epoxy glass stick, and four sticks were assembled to- 
gether in half of a tray. 

b. Buffers. Each buffer subassembly was fabricated 
on two identical printed circuit boards using two- 
dimensional packaging. This packaging was unconven- 
tional in that the component density was far greater than 
normal. Figure 309 shows the prototype buffer. 

,4 JPL inspection revealed that some of the buffer 
pulse transformer leads were straight and possibly taut 
on one of the board assemblies. It was felt that straight 
or taut wires could lead to a reliability problem. There 
was no known method available by which the evaluation 
of the exact state of the leads could be made, nor could 
they be reworked without damage to the unit. The board 
in question was deemed unflightworthy. In order to 
avoid the risk this board represented, a new board was 
purchased to be installed in the flight buffer. The ques- 
tionable board was used for an advanced JPL study 
project. 

c. Non-real-time DAS. The KRT DAS was originally 
fabricated from pellet components in the same manner 
described for the RT DAS. The discovery of the resistor 
problem, together with the general shortage of pellet 
components, and the particular shortage of diodes, 
resulted in a decision to produce welded cordwood 
NRT DAS flight units. 

Fig. 309. Data automation system prototype buffer 
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The welded NRT DAS used the same basic circuit 
design as the pellet NRT DAS. However, the unit was 
completely repackaged by JPL to ensure that it would 
fit into the spacecraft. The welded NRT DAS used 
miniaturized standard components assembled into mod- 
ules. These modules were assembled together to form a 
stick, and the sticks were interconnected by means of 
a welded matrix. Interstick connections, as well as plug- 
to-stick connections, were made by means of a pre- 
assembled harness. An assembled welded NRT DAS is 
shown in Fig. 310. 

Fig. 310. Assembled and welded non-real-time data 

automation system 

7. Test Experience 

Of the 40 problem/failure reports writtcn against the 
main logic of the DAS, 21 were detected while the sub- 
system was installed on a spacecraft. Of these, 13 were 
not failures, but resulted from a defect in some other 
subsystem or from a lack of understanding of the DAS 
operation. Of the remaining eight only two were written 
against flight units installed on flight spacecraft. 

All of the buffer memories passed TA and FA tests 
without any failures. There were 17 failure reports writ- 
ten, and of these, 13 were written at the vendor’s facility 
for defects discovered during manufacturing or pre- 
delivery testing. The remainder were detected and cor- 
rected before environmental testing was completed at 
JPL. No failure occurred after delivery of the hardware 
to SAF. 

The buffer design specification called out the original 
version of the JPL specification. Revisions A and B of 
this specification called for the TA thermal-vacuum test 
to be performed at 75°C instead of at the 65°C level. 
The margin problem that resulted from this change was 
caused by a shift with temperature of the switch core 
thresholds. The subcontractor was able to circumvent 
the problem by providing a varying half-select current 
amplitude as a function of temperature. This was accom- 
plished by replacing the fixed select amplifier current 
limiting resistor with one that had a temperature coeffi- 
cient of resistance of 1300 ppm. 

All of the DAS power supplies passed TA and FA tests 
without failure. An engineering change request was ap- 
proved in April 1964 to modify the 2.4-kc timing inter- 
face between the power supply and the real-time DAS. 
The deficiency in the original interface was apparent 
only at TA temperatures when an otherwise unnoticed 
ringing on the 2.4-kc pulse moved into the logic thresh- 
old. No failures occurred after delivery of the units 
to SAF. 

All welded NRT units passed the FA and TA environ- 
mental testing. During TA vibration testing, however, 
several wires were broken and individual strands were 
fractured. The soldered interconnect used in the welded 
subnsscmbly was significantly different in design from 
that used in the pellet subassembly. The welded NRT 
DAS wires were bound in large bundles traversing the 
length of the sticks, while the pellet unit wires formed a 
mat over the sticks. The pellet systems had been sub- 
jected to vibration testing without the benefit of stycast- 
ing of the cable ties or of conformal coating. After using 
a stycast on the cable ties and conformally coating the 
subassembly, no more trouble was experienced in TA 
testing. There were, however, some pre-SAF testing 
failures in bench testing these units. During the bench 
testing, it was discovered that after completion of the 
encounter sequence and the subsequent switch to Data 
Mode 2, the first stage of the data frame counter would 
continue to count, although the balance of the counter 
was properly inhibited. The difficulty was traced to 
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missing weld of the inhibit signal line to the first stage

of the counter. After the weld was completed, normal

operation was observed.

Initial checkout revealed that the circuit preventing

issue of scan inhibit and switch to Data Mode 2 signals

was inoperative. This circuit function was derived from

the fall time of the 6- and 20-v power supplies. In repack-

aging the NRT DAS for welded construction, the capaci-
tors on these lines had been increased. The effect on

6- and 20-v fall times was sufficient to preclude the nor-

mal circuit operation. When the original capacitance

values were used, normal operation was observed.

The frequency of the 10.7-kc buffer clock was found to

vary by more than 20% as the unit was taken through

the flight-acceptance temperature range. The instability

was traced to the oscillator frequency-determining ca-

pacitor. A temperature-dependent Cerffill capacitor had

been specified (in error) during the design of the welded

modules. Substitution of a temperature-stable Coming

glass capacitor reduced the drift, through the type-

approval temperature range, to less than 0.3_. No fail-

ures occurred after delivery of this equipment to SAF.

K. Narrow Angle Mars Gate

The NAMG is located on the planetary scan platform

of the spacecraft. It provides an acquisition signal to the
data automation system when Mars enters its field of

view. The signal causes initiation of the science planetary

encounter sequence.

During a normal encounter, the planetary platform

scanning stops and the wide-angle planet sensor causes

the platform to be tracking Mars when the NAMG acqui-
sition signal occurs. If there is a malfunction in the wide-

angle planet sensor or ff the miss distance is too great for

proper tracking, the NAMG can still provide an acquisi-

tion signal as it scans across the planet, which will stop

the scanning motion and hopefully permit a limited

amount of planetary science data to be obtained.

By May 1963, it had been decided to proceed with the

design of an NAMG to be incorporated on the planetary

scan platform. The NAMG would provide the narrow-

angle acquisition signal. The schedule called for delivery

of an unqualified proof test model by August 1963. The

first fully qualified flight unit was delivered to the space-

craft assembly facility in November 1963, less than 6

months before the project officially began.

The requirements imposed on the NAMG design were
many and varied; it had to meet all the environmental

requirements for Mariner type-approval and flight-

acceptance tests. In addition, a severe vibration specifi-
cation was added because of resonance of the scan

platform structure upon which the NAMG is mounted,

and the general Mariner Mars 1964 requirements of low

magnetic field and long lifetime also had to be met. The

specific NAMG requirements that were established are

given in Table 63.

1. Design Evolution

Almost immediately upon initiation of the develop-

ment of the NAMG, it was decided to proceed with a

design that took the form of a cylinder with a simple lens

and baffle in front of a cadmium sulfide photoconduc-

tive cell, a field stop to define the field of view, and a

Table 63. Specific NAMG requirements

Category Requirements

Size

Weight

Power

Field of view

Stray light

Output

Output rise

time upon

acquisition

Sensitivity

acquired

Not acquired

Alignment

Temperature

1-in. in diameter by 4-1n. long

Less than 0.2 Ib

Less than 65 mw

A rectangle 2.5 (in a direction perpendicular to

the scan motion) by 1.5 deg

Rejection of sunlight more than 22 deg off axis

13 -----3 vdc (acquired)

0.5 ±0.,5 vdc (unacquired)

Less than 20 psec

Object completely within the field of view and

having a color temperature of 35000K and an

illuminance greater than 0.01 ft-cd

Object completely filling the field of view and

having o surface brightness greater than 30 ft-L

Object completely within the field of view and

having a color temperature of 3500°K and less

than 0.000,5 ft-cd illuminance

Object completely filling the field of view and

having a surface brightness less than 1.5 ft-L

Line of sight to the center of the field of view to be

perpendicular to the mounting surface within

0.25 deg

Operation to be within specifications between --30

and "1-55°C; operation to be within all specifica-

tions except for sensitivity between --30 and

+ 1000C
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simple electronics package in the back. The cylinder was

to be mounted by a flange and electrically connected to

the spacecraft by soldering a three-wire cable to three
terminals on the back of the NAMG. It was also decided

to combine the cadmium sulfide cell, electronics, and ter-

minals into one welded package. This integrated module
concept was adopted, but because of the short schedule,

a soldered cordwood module was developed as a parallel
effort.

The first layouts of the electronics module showed that

the NAMG would have to be somewhat larger than had

been anticipated, about i in. in diameter. Since the space

was available, the 1-in. diameter was extended the entire

length of the unit to provide better structural rigidity

and to greatly improve the stray-light baffling.

Calculations showed that the aberrations involved in

the use of a single-element lens would be tolerable and a

simple piano-convex lens of 1.5-in. focal length and
0.5-in. diameter was used. Calculations also showed that

the NAMG could operate even with the lens omitted,

but the ability of an optical system to provide a sharply
defined field of view, a substantial reduction in the in-

herent time lag of cadmium sulfide cells, and a much

larger safety margin to the sensitivity requirements gave
ample justification for the use of a lens. The lens used

was the longest focal length and the largest diameter that

could fit in the package and still allow room for the elec-

tronics and the stray-light baffling.

The baffling was knife-edged, just large enough to

clear the field of view at the front of the NAMG, and

sharp-threaded on the inside of the tube at as large a

diameter and thread pitch as was structurally permis-

sible. The interior of the NAMG was completely black-

anodized. These steps together with the field stop in the

focal plane were effective enough to permit rejection of

the Sun at 22 deg off axis.

180 °

j/ \ _.-_ /\0.,

Fig. 31 I. Typical trajectory encounter geometry
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Fig. 312. Nominal encounter geometry

The field of view chosen was a rectangle 1.5 by 2.5 deg

in a direction perpendicular to the platform scanning

direction. Figures 311 and 312 show the typical encoun-

ter geometry. The rectangular field of view gives an
earlier acquisition and requires less encroachment into

the field of view by the planet than an elliptical shape

would. The long dimension was chosen to give overlap

during the scanning motion, so that the planet could be

acquired at any miss distance that would provide enough
signal. The short dimension was chosen to give a consid-

erable safety margin for triggering the NAMG, and to
give a shape that closely matched the sensitive area of

the cadmium sulfide photoconductor. The photoconduc-

tive cell was placed far enough behind the field stop to

permit the light entering the aperture to diffuse over

most of the sensitive area, thus minimizing any effects

that might be caused by the photoconductive pattern.

The cadmium sulfide cell itself consumed a large por-

tion of the development effort. Questions arose concern-

ing the stability of the cells as a function of time and

temperature, the quality control of the cells, what effect

a leak in the hermetic seal might have, and how to weld

the cells into the module. Considerable effort was spent
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on screening and selecting cells. S o  time was available 
to delve into source quality control and inspection, and 
reliance had to be placed on a very thorough visual in- 
spection plus electrical measurements before and after 
temperature cycles. Complete answers on cell stability 
and vacuum effects are still not available. but the safety 
factors that were built into the SASIG were far larger 
than the variations that have been observed. 

The welded electronics module encountered problems 
with weld schedules and with the potting mold. The 
difficulties were of a minor nature, however, and 

Fig. 313. Narrow angle Mars gate 

the elimination of interconnections inside the NAMG 
resulted in a boost in reliability as well as in easy inter- 
changeability of electronics. The circuitry used operates 
satisfactorily with a very wide range of component varia- 
tions and uses a minimum number of components. 
Although the originally specified load required current 
from the SAhlG only in the off condition, the electronics 
proved to be sufficiently adaptable to be used without 
change in the final configuration that required current 
only in the on condition. 

The final SAllG design is shown in Fig. 313 through 
317. The mechanical assembly had a total of 10 parts, 
and the electronics module contained some 9 electronic 
components and 2s total pieces of all kinds. 

2. Test Experience 

Since the actual operating conditions were inaccessible, 
the testing program for the S,.1xIG used two different 
simulators. Simulator I \vas a large, well collimated, well 
calibrated source used as the primary reference. It pro- 
vided a 0.5-deg diameter planet that was corrected to 
approximately 3500" K color temperature to match S4ars: 
and was variable in intensity oj-er the ritnge of interest. 
Simnlator I1 v'as a 1w-y small. uncollimated,and portable 
source that could bc used under confined conditions and 
chiring environmental tests. The color temperature was 
uncontrolled and the intensity \vas calibrated against 
Simulator I before and after each use. 

Fig. 314. Exploded view of narrow angle Mars gate 
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Fig. 31 5. Electronics module 

No difficulty was encountered during type-approval 
testing except during thermal-vacuum tests, when it 
became apparent that prolonged exposure to high tem- 
perature would increase the sensitivity beyond the speci- 
fied limits. Special tests were run to determine whether 
the sensitivity leveled off or continually increased as a 
function of time. The sensitivity leveled off at ;I value 
outside the original specification but close enough that 
it would not in any way jeopardize the mission. Long- 
term tests su1)sequently have verified the leveling off, 
and the new specification reflects a wider scwsitiL7it). 
range to allow for this temperature problem. 

Fligh t-acceptance tests wcrc' perf orin cd with 011 t in  ci - 
dent on the four flight units. The colnplc,tc FA testing 
for cach uni t  took al)ont one' wcc,k. hgagnc+ic test5 con- 
drictcd 1)cfore and nftcr vih,Ition 011 thc TA ulli t  ant1 
after vilnition on dl FA units  M'c'I-~ all wc~ll \vithill 
specific a t '  1011. 

Fig. 31 6. Interior of electronics module 

0 1/2 
INCH 

Fig. 317. Photosensitive cell 
in header 
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since previous experience had indicated that high tem-
peratures provide the worst environment for cadmium

sulfide photoconductive cells. The life test unit had nor-

mal power applied at all times and was run through a
simulated encounter sequence every 100 to 200 hr.

After an increase of about 3 to 1 during the first 300 hr

of the life test, the sensitivity remained relatively con-

stant for more than 8000 hr. The unit operated correctly
at every simulated encounter.

A number of a special tests were performed to deter-

mine whether an unforeseen problem might exist, and, if

so, what solutions would be possible. One such problem

was the moons of Mars entering the field of view and

causing premature turn-on of the NAMG. One of these
special tests showed that the NAMG could withstand

micrometeorite frosting of 90% of the lens and still per-
form adequately.

3. Flight Experience

During the flight of Mariner III, when it became

apparent that the shroud had probably failed to separate

from the spacecraft, encounter science was commanded

on in an effort to learn more about the spacecraft, hn-

mediately, the NAMG gave an acquisition signal.

Sun illumination of any portion of the lower thermal
shield, even with the science cover closed, would cer-

tainly have caused an acquisition signal. Since the proba-

bility was about 50% that the Sun was illuminating the

thermal shield, this afforded the most likely explanation

of the narrow angle acquisition that occurred.

On Mariner IV, the NAMG perfornaed no function

during the flight prior to the midcourse maneuver. The

NAMG was operating correctly at the OSE prelaunch

checkout, and presumably will perform its function at
encounter.
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XlX. SPACECRAFT OPERATIONAL SUPPORT EQUIPMENT

The basic goal of the spacecraft OSE was to provide

a tool capable of verifying the design and flight readiness

of the PTM and flight spacecraft. To accomplish this

objective, the OSE was mechanized so that it was ca-

pable of exercising the spacecraft through all of its

standard and backup modes of operation. The OSE had

to be sufficiently flexible to adapt to nonstandard condi-

tions, and had to be capable of supporting troubleshoot-

ing necessary to locate failures down to the provisioned

spare level. To minimize troubleshooting time, the OSE
was structured so that it could differentiate between

OSE and spacecraft problems.

The OSE includes those elements (both electrical and

mechanical) necessary to support subsystem, system,

and launch readiness testing of the PTM and flight

spacecraft. It is divided into three distinct categories:

system test complex equipment, launch complex equip-

ment, and mechanical support equipment.

The STC was designed to control, to stimulate, and to

evaluate and support the testing of the spacecraft. The

LCE was designed to support the spacecraft prelaunch

operation and to verify the final flight readiness of the

spacecraft, with particular emphasis on prelaunch readi-

ness tests and on the countdown operation during the

on-pad period when the spacecraft was mounted on
the launch vehicle.

A. System Management Tools

To ensure the logical and controlled development of

the needs and requirements cf the OSE, several man-

agement tools were used to guide and gauge the

growth of the OSE development from its conception
through fabrication, delivery, modification, maintenance,

and operation. The basic means used to control this

effort were: (1) The Mariner C OSE Design Specifica-
tion Book, (2) The Mariner C OSE Circuit Data Sheet,

(3) The Mariner C Operational Support Equipment

Design Preparation and Delivery Schedule, (4) The

Mariner C OSE STC block diagram, (5) problem/failure

reports, and (6) engineering change request design
control.

The concept of using a system test complex for the

evaluation of spacecraft was first used by JPL for

the Ranger program. To match and complement the
advancing spacecraft technology, the OSE was also

forced to grow at a rapid rate. The task assigned to the

OSE designers was that of generating equipment that

could support a test and evaluation program with pre-

cision, flexibility, and reliability. To meet these require-

ments, several new control or management tools were

brought into play for the first time.

The OSE Design Specification Book paralleled the

Spacecraft Design Specification Book and was the basic
accurate and most current description of the operational

support equipment descrihed in engineering language at

the system level for all Mariner OSE. In application,

this publication was used to establish the design of the

OSE at system and subsystem levels, and to disseminate

changes in the OSE as they occurred. The publication
contained design criteria, design characteristics and re-

straints, and functional specifications. The OSE suppliers

and supporting technical divisions were responsible for

providing functional specifications covering their equip-

ment. Included in this publication were documents cov-

ering layouts of the system test complex as it was used
in the various test areas, interface definitions between

subsystems, cable lists, and block diagrams of special test

configurations that were available for evaluation of the

various subsystems.

The circuit data sheets were the control documents that

defined the circuits and their respective signals inter-

facing between two subsystems or routed via system-

supplied cables and/or J-boxes. The computer data

subsystem interface sheet covered three discrete groul_s

of equipment. The first group consisted of the circuits
that interface between individual subsystems within a

typical system test complex (e.g., radio to command). The

second group consisted of the circuits that interface with

peripheral equipment (e.g., printers). The third group
consisted of interfaces that involved the computer data

system (e.g., science to computer). Although the com-

puter data system was considered to be an advanced

development for the Mariner program, it represented the

largest single interface in the STC.

Each circuit data sheet contained a maxinmm of eight

circuit descriptions diagramming (for each interface) the

OSE subsysteln end circuits; interconnecting features
were included as necessary. Design of the OSE subsys-

tems proceeded on the assumption that other suhsystems

and the overall system environment were as reflected in

the circuit descriptions. Change in a particular interface

end circuit or wiring was coordinated and established by
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modifications of the circuit description. The complete-

ness and stability of the circuit descriptions were useful

quantitative indicators of design status.

A cabling block diagram was used as an aid in deter-

mining the physical interfaces between OSE subsys-

tems, between the OSE subsystems and the spacecraft,

and between the OSE subsystems and the auxiliary

support equipment. This diagram was also extensively

used in determining such things as cable-connector assign-

ment, cable length, and the physical location of each sub-

system in the STC. The block diagram illustrated the

OSE STC area, which remained essentially constant for

the whole test program, and indicated the spacecraft

cabling configurations as they applied to the three main

test areas (SAF, the environmental test laboratory, and

the space-simulator facility) to which the spacecraft was

transported for system and environmental testing.

The JPL Quality Assurance and Reliability Office

established and monitored the quality of the OSE. Fail-

ure reporting on the OSE began with its delivery to

SAF. Problem/failure reports were used to monitor and

control the direction and type of fixes employed, and per-

mitted the OSE integration engineer to keep abreast of

the operation, and enabled him to spot potential trouble
areas.

The design of the Mariner OSE was frozen on May 1,

1964, and the design was then brought under control

of the engineering change request system. The need to

make changes was usually a result of hardware reviews,

prototype testing, interface incompatibility, or compo-
nent failure.

Each engineering change request contained a func-

tional description of the proposed change, and was suf-

ficiently detailed that the performance, schedule, cost,

and effective implications of the proposed change could
be determined.

B. Facilities

During the test and evaluation program, the spacecraft
was exposed to different environments that simulated

launch and flight conditions. For the Mariner Mars 1964

program, three basic JPL and three AFETR environ-
mental facilities were used.

1. JPL Facilities

a. Spacecraft assembly facility. The spacecraft and

STC were first assembled and tested at SAF, where all

hardware assembled into a spacecraft and/or an STC

were brought together for the first time. The high bay

area is maintained in a clean condition, with positive-

pressure air conditioning and dust and humidity control.

The facility includes a pit for conducting hazardous

operations, a 10-ton bridge crane with a 35-ft hook

height, and ample 400- and 60-cps power to support the

testing of three spacecraft simultaneously.

b. Spacecraft environmental facilities. To verify that

the PTM and flight spacecraft could operate satisfac-

torily after exposure to FA vibration levels (determined

from those expected of the Atlas D and Agena D during

the boost phase), the spacecraft was vibrated in the roll
axis and in two lateral axes. Before and after each axis

of vibration, a system verification test was performed

using the STC. During vibration, the spacecraft perfor-

mance was monitored via an RF telemetry link. Vibration

testing was performed in the spacecraft environmental

facilities using a vibration exciter with a 30,000-1b vector

force rating, a granite oil table, and a horizontal test fix-

ture for vibration in all three spacecraft axes. Other

environmental laboratory equipment includes acoustic

chambers, shock equipment, centrifuges, and climatic test

facilities such as temperature, salt, fog, and explosive-

atmosphere chambers.

c. Space-simulator facilities. There were two primary

reasons for subjecting the spacecraft to the vacuum and

thermal environments of the space simulator: (1) to es-

tablish the functional integrity of the spacecraft operat-

ing in a simulated space environment, and (2) to perform

a final verification of the ability of the temperature

control subsystem to maintain spacecraft temperatures

within design limits. Because of the extended duration

of the Mars flight, it was possible to test only certain

portions of the flight sequence in real time; the less dy-

namic parts of the pseudo flight were fast-stepped.

The space-simulator facility houses a 25-ft diameter,

40-ft-high simulator chamber. This chamber uses liquid

nitrogen cold walls as a heat sink and collimated

mercury xenon arc lamps for solar radiation simulation.

The chamber can be evacuated to approximately

10 '_ mm Hg.

2. AFETR Facilities

Spacecraft test operations at Cape Kennedy were con-

ducted in the spacecraft checkout facility (Hangar AO),

in the explosive safe facility, and at the launch complex.

These test areas were used to confirm that the spacecraft
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survived shipment in operating condition; that all sys-

tems were functioning properly; that the spacecraft was

compatible with the Test Range, the launch-vehicle, and

the launch-complex equipment; and that the spacecraft

was ready for commitment to launch.

a. Spacecraft checkout facility. Hangar AO is the

principal JPL facility at Cape Kennedy. A complete sys-

tem test complex was installed in this facility to provide

a detailed checkout of the spacecraft before launch oper-

ations; some of this equipment was also used during

launch operations. The operations center and communi-

cation center are also housed in this hangar.

b. Explosive sale facility. The explosion-proof facility,

in which hazardous operations on the spacecraft were

performed, is located in a remote area. Two buildings

of framed, reinforced concrete pilasters and corrugated

walls constitute the permanent installation. The steriliza-

tion and assembly laboratory has an air lock and three

5-ton explosive-proof bridge cranes with 35-ft hook

height. The propellant laboratory has reinforced concrete

walls and a 10-ton, 30-ft-hook-height traveling crane.
Instrumentation facilities and offices are located in

trailers. The ESF was used for final preparation of the

spacecraft before it was transported to the launch com-

plex; this preparation included installation of the pyro-

technic squib and midcourse motor and loading of

the liquid propellant. Hazardous testing and adjust-

ments were performed in this area just prior to launch

operations.

c. Launch complex. During a spacecraft launch opera-

tion, certain monitoring and control equipment is installed

in the launch complex. The LCE includes a control con-

sole in the blockhouse for controlling spacecraft power,

a commutator, a central computer and sequencer, and the

capability for hard-wire monitoring of power, gyros, and

telemetry while the spacecraft is on the launch pad. The
LCE also includes antennas installed on the umbilical

tower.

The spacecraft monitor and control equipment is

housed in a blockhouse console connected to the space-

craft by means of a long-line multiconductor cabling

and an umbilical connector. Test personnel monitored and

controlled the spacecraft during prelaunch operations
from this area.

Spacecraft control equipment, such as power supplies
and signal conditioning units, are located in the launch

pad building and on the umbilical tower. This equipment

was controlled from the blockhouse during launch opera-

tions. Parabolic antennas are located on both the service

and umbilical towers to provide an RF link between the

launch pad, Hangar AO, and the DSIF areas.

C. System Test Complex

The system test complex (Fig. 318) consists of about

45 racks of operational support equipment capable of

evaluating and troubleshooting the spacecraft on both

the subsystem and system levels.

The STC is composed of several groups of OSE. The

first group is the direct counterpart of the spacecraft

flight subsystem, and contains such units as the radio,

command, power, CC&S, data encoder, attitude control,

pyrotechnics, tape recorder, and science subsystems. The

function of the STC equipment is to: (1) differentiate

between spacecraft and OSE failures; (2) exercise and/or

stimulate the OSE subsystems to simulate flight-type

operation; (3) monitor and evaluate the OSE subsystems

during subsystem and system tests; (4) provide self

power for subsystem test and evaluation; and (5) provide

the necessary input, stimulus, and output loading re-

quired for spacecraft subsystem test and troubleshooting.

The second group of OSE in the STC completes the

command and telemetry group. Two prime OSE subsys-

tems perform this operation: the ground command sub-

system, which sends commands to the spacecraft; and

the ground telemetry subsystem, which demodulates,

decommutates, distributes, and prints out the telemetry
data.

The third group consists of support items: the central

recorder, the central timing system, the power distribu-

tion system, the telemetry processing system, and the

telemetry TTY encoder.

The fourth group, the computer data system, consists

of a medium-sized general purpose computer and a data

input system.

In addition to the equipment enumerated above, there

was also some ancillary equipment, which included sys-

tem cabling, special adapter cables, isolation devices,

J-boxes, stimulus boxes, break-in and break-out boxes,

and the spacecraft simulator.

The STC was laid out in a rectangular pattern, with

the subsystem test consoles forming the periphery. To

facilitate the handling of both intersubsystem and space-

craft cables, the whole complex was staged on a raised

floor. The spacecraft was mounted on a universal-ring
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Fig. 31 8. System test complex 

holding fixture for struchral rigidity, which, in turn, was 
secured to a positioning fixture required for assembly 
and articulation during testing. 

1. Basic Capabilities 

a. Power. Each OSE subsystem has the capability of 
providing power to its corresponding spacecraft subsys- 
tem when basic spacecraft power is not available and for 
troubleshooting and eiduation purposes. The OSE sub- 
system provides this independent power operation by 
means of special cables plugged directly into the appro- 
priate spacecraft subsystem in lieu of the ring harness. 
The input power has the same characteristics as that 
normally supplied to the spacecraft subsystem from the 
spacecraft power supply. 

b.  Power monitoring. Each OSE subsystem is capable 
of monitoring its transformer-rectifier outputs. The selec- 
tion of the outputs is monitored to provide maximum 
information on spacecraft subsystem performance. Xloni- 
toring of the transformer-rectifier is accomplished by 
the use of meters having an accuracy of 2:; or better, full 
scale. Facilities, such as oscilloscopes and recorders, are 

also provided on front panels of the OSE for additional 
monitoring. 

c. Subsystem interface simulation. Each OSE subsys- 
tem has the capability of independently simulating the 
output loading and the inputs, which the spacecraft sub- 
system would experience during spacecraft operation, so 
that the spacecraft subsystem can be operated indepen- 
dently of the rest of the spacecraft and of the system 
test complex. 

d .  Running time. Each OSE subsystem records, on an 
elapsed-time meter, the running time of its respective 
spacecraft subassemblies. The instrumentation of this 
parameter is accomplished bl- monitoring an output of 
the individual transformer-rectifier unit. (The measure- 
ment is independent of the operation of the OSE.) 

e.  Subsystem monitoring. Each OSE subsystem is 
mechanized so that all commands, controls, and/or stim- 
uli that are applied to the spacecraft are brought out on 
connectors and the back of the OSE for monitoring by 
the computer data system. 
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Fig. 319. System test complex configuration at SAF

_. Self-check capability. Each OSE subsystem is mech-
anized to have either an automatic or a manual self-

check mode. Redundant checks, such as push-to-check

lights, are used in some areas.

2. Functional Description

The system test complex is used in essentially the same

configuration at both SAF and at the spacecraft check-

out facility (Hangar AO). Figure 319 is a block diagram

of the configuration at SAF. The STC makes contact

with the spacecraft in three ways: (1) through the sepa-

ration and the umbilical connectors, which provide an

interface with the entire spacecraft system, (2) through

the RF link, and (3) through direct access connections

to the individual subsystems of the spacecraft.

System measurements arc made through the umbilical

connection. The signals are brought out to the J-box

where they are separated and fed to the appropriate OSE
subsystem. Direct access connections to the individual

spacecraft subsystems provide for direct measurements

of the subsystems as individual pieces of equipment.

Connections are made directly to the appropriate OSE

suhsystems in the STC. The RF link between the space-

craft radio subsystem and the radio OSE provides a

method for measuring spacecraft telemetry parameters.
The RF connection can be either a hard-line connection
or an actual RF link.

In addition to monitoring such performance parame-
ters as voltages, currents, and waveforms, the individual

OSE subsystems provide stilnuli to the spacecraft and

measure the response of the spacecraft to the stimuli.

One of the unique features of the Mariner STC is the use

of a Univac 1218 computer for processing the test data.

As illustrated in Fig. 319, the computer data system is

isolated from the spacecraft so that it does not affect

the circuits between the spacecraft and the STC. The

use of the computer data system provides three basic

advantages:

. The computer prints out the data in readily usable

engineering numerical values, whereas the STC

data is printed in data nmnbers.

. Limits can be set on the computer and, if the incom-

ing signals exceed these limits, thc computer sets

up an alarm that alerts the equipment operators.

. The computer operates in a data suppression mode

in which repetitive data are not printed out. The

only data that are printed represent a change.

The computer data suhsystem consists of the com-

puter, the data input subsystem, a system printer, and

several subsystem printers. The signals received by the

individual OSE subsystems are fed to the data input

system, which converts them to a form acceptable to the

compnter. The output from the computer is also fed to

the data input system, which then feeds the information

to the systeln and subsystem printers for printout.
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The spacecraft telemetry data are received by the radio

OSE and are, in turn, fed to the GTS. The ground telem-

etry subsystem demodulates and decommutates the

telemetry signal and provides digital and bit-synchronous

information to the data input subsystem, the telemetry

processing subsystem, the telemetry encoder, and a

printer programmer. The telemetry processing subsystem
and telemetry encoder provide inputs to the SFOF,

where the data can also be processed and monitored. The

GTS, telemetry processing subsystem, telemetry encoder,

and printer programmer are equivalents of the equip-

ment provided in the DSIF stations for receiving and

processing actual spacecraft telemetry information dur-
ing flight.

The system test complex was used at SAF during

spacecraft assembly and system tests; portions of the

STC were also used in the environmental testing areas

to monitor the spacecraft during the environmental tests.

The STC equipment was physically moved from SAF

to the environmental area, as required for tests. The

computer remained at SAF and was connected to

the STC equipment by a long run cable. During vibra-

tion tests, the STC was connected to the spacecraft

through the umbilical connector (the connection was

broken during the actual vibration periods). In the space

simulator, the STC was connected to the spacecraft by
the umbilical connector and by a limited number of
direct access connections.

3. Electrical Characteristics

All elements of the OSE operate from a 105/125-v,

60-cps, single-phase, three-wire power source and/or

from 120/208-v, 400-cps, three-phase, four-wire power
sOurces.

Each rack or group of racks has appropriate overload

protective devices. The ac power distribution lines are pro-

tected from noise and from the transient effects of power

switching normally performed by subsystem OSE. This
protection takes the form of isolation introduced at the

power input terminals of each subsystem, and is accom-

plished by the use of a triple- or quadruple-shield
isolation transformer.

Electrical connections from the OSE to the spacecraft

do not influence the operation of the spacecraft because

all circuits in the OSE, which interface with the space-
craft, have circuit returns that are isolated from the OSE

chassis ground.

4. Calibration Program

As a result of the need to keep the OSE measurement

indications correct, a total of more than 500 calibrations

were accomplished on the Mariner OSE from December

1963 to October 1964. As instruments were added to the

calibration program, they were established in a recall

system at suitable intervals. This schedule continued,

with minor modifications, through final tests at JPL prior

to shipment of the OSE to Cape Kennedy where one

final calibration was made prior to prelaunch checkout
(to ensure that out-of-calibration conditions did not re-

sult from direct or peripheral effects of the cross-country
transportation).

To provide as much assurance as possible of accurate

and comparable calibrations at JPL and at Cape Kennedy,
it was recommended that common doc_uments be used as

calibration procedures by each vendor. Accordingly, ab-

breviated calibration procedures were developed. These

documents were used for final calibrations at JPL, and

for the subsequent calibrations at Cape Kennedy.

The AFETR calibration was performed as a concen-

trated program in a mobile laboratory at the JPL site in

early September 1964, and was supplemented by a spe-
cial amplifier calibration in mid-October.

The effectiveness of the program was evidenced by the
fact that when the instruments were submitted for suc-

cessive recalibrations, there was a progressive increase in
the number that were found to be still within tolerance.

All of the equipment was calibrated to a known base line

(traceable to the National Bureau of Standards) and was

thoroughly compatible in calibration to equipment of

other commercial and government installations.

5. Radio Subsystem OSE

The radio subsystem OSE (Fig. 320) was used to test

the complete radio subsystem, from the initial subsystem

preacceptance tests through the ETL, SAF, and Cape

Kennedy tests. Figure 321 is a functional block diagram

of the radio subsystem OSE.

The radio subsystem OSE is the basic tool for evaluat-

ing the spacecraft receiver performance, the spacecraft
connnand capability over the RF link, and the S-band

phase-locked-loop receiver at 2298 Me. It also furnishes

a means of demodulating the spacecraft telemetry signal

from the RF carrier for the recovery of data by the
ground telemetry subsystem. In addition, the RF OSE is
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Fig. 320. Radio subsystem OSE 

the access source to the spacecraft radio subsystem test 
points for measuring, monitoring, and recording space- 
craft RF power and frequencies, for spacecraft receiver 
and transmitter functions, for spacecraft TR and dc-to-dc 
converter voltages and currents, and for monitoring the 
operating mode of the radio subsystem and its reaction to 
spacecraft and OSE-simulated commands. The OSE is 
also mechanized to support the turn-around ranging 
system. 

The radio subsystem OSE represents a significant de- 
parture from the L-band radio OSE used on Ranger and 
Mariner Venus 1962 spacecraft. I t  is more compact, using 
four tall (6-ft) racks rather than the eight short racks 
used in the L-band OSE. The S-band OSE uses a greater 
quantity of solid-state components and has several switch- 
ing panels that reduce external cabling and provide 
grcatw speed and east: of monitoring and recording 
spacecraft OSE functions. The radio S-band OSE proved 
to be extremely reliable in supporting the testing and 
evaluation of the spacecraft's radio subsystem. 

6 .  Flight Command Subsystem OSE 

The flight command OSE test console is &signed to 
test the spaccwaft flight command subsystem in all 1x1s- 
sible modcs of operation. All tests necessary to deterininc 
the functional integrity of the spacecraft flight colnmand 
subsystem can be performed by the OSE. The test con- 
s o k  can generate any command word, modulatc the 
word into thc Mariner Mars phase shift keycr forinat, 
check the flight for proper response, and print thtb 
results. All tests on the spacecraft flight corninand sub- 

system can be performed either automatically or manu- 
ally. The flight unit digital response is measured both 
quantitatively and qualitatively. 

The test console is divided into the operational support 
equipment test console and the data logger console. The 
OSE test console is designed to perform all tests that can 
be made when the flight command subsystem is at 
SAF. The data logger console connects to the OSE test 
console and allows the performance of laboratory-type 
tests. A functional block diagram of the flight command 
OSE is shown in Fig. 322. 

a. SAF test. The primary purpose of the OSE test con- 
sole in SAF testing was to monitor (and simulate if 
desired) the spacecraft flight command subsystem for 
proper operation while it was in the spacecraft. The OSE 
test console connected through a 120-ft cable to the test 
points in  the airborne unit, and could operate in one of 
the three following modes (Mode 2 being the normal 
mode). 

Mode 1. The OSE test console generates the command 
words, modulates the bits, generates synchro- 
nization and sends this signal to the RF OSE 
for transmission to the spacecraft. The  
OSE test console then monitors the airborne 
flight command subsystem and records any 
errors. 

Mode2. The OSE test console only monitors the test 
points. The commands are generated by the 
ground command system. The GCS is iden- 
tical to the units located at  all DSIF st a t' ions 
that are used to send commands to the space- 
craft. 

Mode 3. The OSE test console rcceikes the command 
words from the GCS and compares them to 
the proper response from the spicecraft flight 
commiuid suhystem. 

b. Bench test. The bench test of the spacecraft flight 
command subsystem checks out the system in its entirety. 
A bench test chassis allows the operator to put the flight 
unit i n  any  type o f  en\~ironmental chamlwr and condllct 
compl'te tests. 

Two types of tests can be performed on the airborne 
subsystem when bench testing: (1) a test of the command 
decoder, and (2) a test of the command detector. Special 
tests that can be performed in the bench test are: 
(1) detector correlation, (2) detector bandwidth, ( 3 )  word 
start error, and (4) bit error. 
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Fig. 322. Flight command subsystem OSE functional block diagram

c. Functional element test. The functional elements of

the spacecraft flight command subsystem are the con>

mand detector, the command decoder, and the

transformer-rectifier unit. The command decoder and

command detector are checked in the same manner as

in the procedure for bench testing, but with only the

proper outputs monitored (and the others ignored).

The transformer-rectifier unit is tested by loading it

with either maximum or minimum loads and observing

the power-in, power-out, regulation, and ripple displayed

on the oscilloscope. The power-in and power-out can l)e

,neasured on any of the functional sut)asseml)lies.

d. Data logging test. The data logger automatically

selects one of the output lines on the spacecraft flight

command snl)assembly and measures the pulses on tiffs

line for rise time, crest time, fall time, saturation voltage,

and leakage. This test is accomplished in conjunction

with a digital voltmeter and a 10-Me time interval meter.

The data logger selects the correct input line by moni-

toring the transmitted word generated in the OSE test

console. After recognition of the address line, the data

logger operates completely asynchronously from the

other units of the test console.

e. Life test. The configuration of the life test is the

same as that for bench testing. During the life test, a

series of measurements is made on the flight equipment.

One of the modes for these measurements is the "data

logging" mode, which exercises each isolated switch at

least three times and measures its five parameters. The

remainder of the nleasurelnents exercise such modes as

(1) detector out-of-lock/decoder inhibited; (,v) detector

in-lock/decoder inhil)ited; (3) standby (commands is-

sued): and (4) VCO input grounded.

f. Conclusion. The flight command subsystem OSE

provides a mamml or automatic test program for testing

the spacecraft command subsystem. It interfaces with the

ground telemetry system and with the ground command
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Fig. 323. Flight command subsystem OSE interfaces

during spacecraft testing

subsystem (Fig. 323). The OSE generates all signals and

programmable commands required by the airborne sub-

system (or its individual assemblies) to receive, decode,

and continuously monitor outputs from the flight com-

mand subsystem. In addition, it can be used (at SAF) to
send commands to the spacecraft.

7. Ground Command Subsystem OSE

The primary function of the GCS is to biphase-
modulate a command word that is encoded and then

transmitted via the RF link to the spacecraft. The com-

mand word in the Mariner Mars 1964 program is a 26-bit

binary word, which may fall into one of two general

categories: the direct command or the quantitative com-

mand. There are 29 DC commands and one three-part

QC command. Each DC command instructs the space-
craft to perform a specific function. The QC command

is used for midcourse correction only, and programs the
spacecraft to roll, pitch, or burn the thrust motor com-

mand. In addition to programming the function to be

performed, the QC command supplies information per-
taining to the length of time the command is to remain
operative.

The intermediate link between ground command and

flight command is the radio subsystem. The ground

radio subsystem, located at the DSIF stations, phase-
modulates the S-band carrier with the information re-

ceived from the ground command subsystem.

The GCS sends a command to the spacecraft radio

subsystem through the radio subsystem OSE. The return

signal from the spacecraft is received by the radio sub-

system OSE and fed to the GCS. During an operation, the

GCS continually monitors the spacecraft-transmitted

signal for command synchronization and for data bits

during transmission. The GCS receives the spacecraft-

transmitted signal from the radio subsystem OSE, detects

it (with a detector similar to the flight detector), and

compares the detected signal with the command signal

that was originally sent to the spacecraft. If any discrep-

ancy is noted between the two signals, the GCS inhibits
the transmission of the command information to the radio

subsystem OSE transmitter. This loss of modulation

causes the spacecraft flight command subsystem to lose

lock, which, in turn, inhibits the processing of the com-

mand at the spacecraft.

a. Modes of operation. The ground command subsys-

tem operates in three modes. In one of the modes, the

GCS sends a command word to the spacecraft. In

another, it operates in a verify mode, in which it is able

to simulate transmission of a word. During this mode of

operation, the subsystem performs exactly the same func-

tions as it does during transmission, except that the word

is not sent to the radio subsystem. The GCS performs a

complete self-check of all of its functions when operating
in the verify mode. In the third mode of operation, the

GCS checks the paper tape (received over TTY lines)
that contains the command word.

During a typical operation, the QC command is sent
from SFOF over TTY lines to the DSIF station, and the

information is then relayed to the spacecraft. In order to

detect errors prior to transmission, the same command
word is sent over the TTY lines three times. The GCS

checks the word, verifies the word format, checks each

of the three words against each other, and punches the

command word on paper tape. If the word is valid, it is

then processed by the GCS, which goes through a verify

cycle to check its own operation before finally transmit-
ting the word to the spacecraft.

b. System description. The GCS consists of three sepa-

rate subsystems: the control and verify subsystem, the

modulator subsystem, and the detector subsystem. When
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Fig. 324. Ground command subsystem OSE 

integrated, they form a complete system (Fig. 324) that 
continually tests for errors during operation. 

Control and ljerify subsystem. The control and verify 
subsystem uses a solid-state negative true logic system, 
the major function of which is to sequence and verify the 
various system operations. All system functions are se- 
quenced by the program control counter, which consists 
of an eight-position shift register that is enabled by any 
one of eight separate AND gates. The position of the bit 
in the shift register determines the operation to be per- 
formed. As soon as the system completes 2111 operation, 
the bit is clocked to the next position in the shift register 
by enabling the proper A N D  gate. This opvration is re- 
peated until the GCS has completed its cycle, whicll 
takes approximately 56 sec. 

To ensure reliability, the GCS employs error detection 
circuitry to verify many of its functions. It also has the 

capability of ensuring proper operation of its error detec- 
tion circuitry. Any one of six error detection circuits may 
be checked by selecting the desired circuit on the GCS 
console and reading a predetermined program tape. Sev- 
eral of the important checks performed are: verifying 
that operations are sequenced in the prescribed manner; 
ensuring that the GCS modulator and detector are in 
synchronization; and making a bit-for-bit check of the 
information sent to the spacecraft during transmission. 

During normal operation, the signal sent to the radio 
subsystem is inhibited if an error is detected; however, 
in case of an emergency, the system is capable of being 
operated by manually overriding the error circuitry, or 
by using the emergency mode. When in the emergency 
mode, no checks are performed and the word is trans- 
mitted by circuitry not used during normal operation. 

Modulator subsystem. The purpose of the GCS modu- 
lator subsystem is to biphase-modulate the subcamer 
with the 26-bit binary command word. This is accom- 
plished by using a phase shift keyer that maintains a 
reference phase of a coherent sine wave for a binary zero, 
but which shifts its phase by 180 deg for a binary one. 
The modulator consists of four units: the phase shift 
keyer, the PN generator, a binary counter that produces 
a frequency defined as 2 f s ,  and a modulo-two adder. 

In order to use phase shift keying techniques, it is 
necessary to establish phase coherence or synchroniza- 
tion between the modulator and the detector. Synchro- 
nization is established by using two PN generators, one 
at the GCS modulator, and the other at the spacecraft 
flight command detector. When the two PN generators 
emanate the exact code permutation, they are in phase 
with respect to each other and phase coherence is estab- 
lished. ,4t that point, the spacecraft PN generator is in 
lock with the GCS PN generator and is capable of fol- 
lowing the ground PN generator within a predetermined 
frequency and phase deviation. To achieve lock between 
ground and the spacecraft within a reasonable length 
of time, it is necessary to offset the clock frequency of 
the ground command PN generator, with respect to the 
spacecraft PN generator, by a relatively small amount. 

The ground command PN generator consists of a shift 
register that iises modulo-two feedback to create a 
pseudonoise code that repeats itself once every second. 
The PN generator clock frequency 2 f v  is derived from 
a variable oscillator and a binary counter, which acts as a 
divider. Initial lock acquisition is achieved by decreasing 
the oscillator frequency, and thereby decreasing the 2 f s  
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frequency. Since 2 f, is the clock for the PN generator,

the 2 [_ offset causes the GCS PN generator to drift

with respect to the spacecraft generator. The 2 f, offset

chosen is slow enough to allow lockup when correlation

exists between the two PN generators, and, at the same

time, to ensure that lockup occur within a 6-rain interval.

In the modulator, the PN code and 2 fs are half-added

to produce PN + 2 _, which is used by the spacecraft to

establish synchronization. The data portion of the word

is phase-modulated by forming a sine wave from a

square wave.

The sine wave is then sent to the phase shift keyer,

which is keyed by the word bit. With 0 v (binary zero)

applied, the phase shift keyer maintains the phase of the

input sine wave. With -6 v (binary one) applied,

the phase shift keyer shifts the sine wave by 180 deg.

The data and synchronizing portions of the word are

then added to produce the output of the modulator.

Detection. The GCS detector is used to demodulate

the command word sent by the radio subsystem, and to

ensure that the information sent by the GCS is the same

as that transmitted by the radio subsystem. The GCS

detector also simulates the flight command detector,

thereby providing a means of checking system operation

before sending a word to the spacecraft. The detector

uses an S-band phase-locked-loop receiver to demodulate

the RF signal. After the RF carrier signal is detected, the

submodulated portion of the signal is received by the GCS

detection circuitry, which uses the same principles as

the modulator: a phase shift keyer, a 2 f, generator, a

PN generator, and a modulo-two adder. The incoming

signal passes through the phase shift keyer, a sine-wave

shaper, and a bandpass filter, and a coherent sine wave is

produced. Once established, this frequency is used as

one of the voltage controls to the VCO, which provides

the input to a divider that, in turn, produces 2 [8 (the

dock frequency for the PN generator). After synchro-
nization is established between the modulator and de-

tector PN generators, the original command word may
be reconstructed. The detector PN code and detector

2 f, are half-added and put through an inverter to pro-
duce PN' + 2 f/, where prime denotes that the signal

is derived from the detector. This signal is then linearly

added to the modulator signal. Since the phase of the

cosine wave is determined by the binary bit transmitted

by the GCS, a comparison may readily be made between

the GCS modulator output and the CCS detector output.

Displays. The time-of-day display in the upper left-

hand corner of the console is internally wired to the

control logic. By selecting the automatic operating mode,

the GCS automatically sends a command word, which is

initiated when the time of day is equal to the timed-start

thumb-wheel setting. The displays on the left side of the

console are the input and output signal strengths of

the S-band receiver, a counter, which displays multiples

of the f, frequency, and an oscilloscope.

In the upper right-hand corner of the console, the

26-bit command is displayed in octal form. The word is

displayed three times, and each display corresponds to

the particular register that is used at different intervals

during operation. The vehicle subcarrier displays indi-

cate whether the telemetry data received from the space-

craft are good, questionable, or bad. It also indicates

whether or not the spacecraft and GCS are in synchro-

nization and displays the offset from the 2 f, frequency.

The remaining displays are self-evident, and relate to

such functions as power turn-on, mode of operation, and

word in process.

8. Power Subsystem OSE

The power subsystem OSE (Fig. 325) provides power

monitoring and control to support the spacecraft

power subsystem through test operations consisting of:

initial power application, power subsystem evaluation,

spacecraft system tests, environmental testing, and a final

integrated system test (just before the unit was trans-

ported to the launch pad). A functional block diagram of

the subsystem OSE is shown in Fig. 326. The power sub-

system is mechanized to be remotely controlled from

other elements of the OSE, such as the CC&S OSE.

The CC&S OSE is capable of preventing spacecraft

power from being applied unless hold current and relay

position interlocks are satisfied. Once spacecraft power

is applied, these two interlocks may be removed to allow
the issuance of CC&S commands without losing space-

craft power. If CC&S OSE power is lost, external power

is turned off by the power subsystem OSE.

System test sets and an adapter rack were provided for

use in laboratory and FA testing. The system test set

simulates spacecraft voltages and loads monitored and

controlled by the OSE. A transfer assembly, on com-

mand from the control panel, selects between the space-

craft and self-test assembly. The test set is capable of

automatic self-test before or during any operation with

the spacecraft or power subsystem. The maximum dura-

tion of this automatic sequence is 90 sec, and, on success-

ful completion, it assures that the monitor, recording, and
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Category 

Group 1 

Group 2 

Fig. 325. Power subsystem OSE 

Equipment 

Transfer assembly 
Control panel 
Self-test assembly 
Automatic data acquisition and recording subsystem 

Transformer-rectifier monitor assembly 

Test monitor assembly 

Switching logic assembly 
Auxiliary power supply assembly 
Dual power source/simulator 

power control functions of the OSE are operating within 
the required tolerances. Because all self-test simulation is 
self-contained, no external equipment is necessary to 
complete the self-test. 

Tlie power subsystem OSE incorporates all the ele- 
ments of power, monitor, and control necessary to pro- 
vide dctailcd su1)system analysis and records required to 
support the spacecraft power sulxystem in the laboratory 
and system test areas. In addition, it provides siinuliition 
of intcrfacc\s that the flight equipinent (when in the 
spacecraft) norinally encounters with other spacecraft 
S l l b S Y S  tC’111S. 

Thc, po\wr sri1)system OSE dcxsign logically divides the, 
equipment into two groups: one group consists of 
the monitoring and opcutor control arcla, and the othc,r 
group consists of thc wrious power supplic,s, simulators, 
and associated logic and switching networks. The major 
assemblies in each group are given in Table 64. 

11. Control panel. The control panel assembly provides 
the operator with controls to place the spacecraft power 
subsystem and/or OSE into the desired mode. All pri- 
mary indications affecting the operation and state of the 
flight and power OSE are displayed. The operator may 
conduct an OSE self test, a test in conjunction with the 
spacecraft powcr subsystem, or both. Controls available 
to the operator include: 

1. Spacecraft switching to external or internal power 

2. Simulated solar panel power 

3. OSE self-tcst (automatic upon initiation) 

4. OSE operate (transfer to spacecraft) 

5. Battery charger cnable (allows automatic operation 
of the OSE charging circuits) 

6. Fail  indication latch set 
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7. Manual charge initiate

Monitoring displayed on the control panel includes:

1. Current supplied to the spacecraft from the OSE

2. Spacecraft primary system voltage

3. Spacecraft battery voltage

4. Positive indications for each of the controls listed

above

. An out-of-tolerance indication for the following pri-

mary monitors (either high or low)

Battery voltage

Battery temperature

Booster regulator voltage (two units)

Booster regulator temperature ( two units )

Inverter voltage 50 vac 2.4 kc (two units)
Inverter voltage 28 vac 400 cps

Inverter voltage A 26 vac 400 cps

Inverter voltage B 26 vac 400 cps

Inverter voltage C 26 vac 400 cps

. An indication that the external power is above the

upper tolerance limit (which also prevents switch-

ing to external power from either the off mode or
the internal power mode)

. An indication that a remote power control interlock

is in effect, which prevents application of spacecraft

power

. Positive indications that OSE self-test is complete;

that battery charging is required, and that battery

charging from the OSE is taking place

c. SelJ-test assembly. The self-test assembly provides

simulation for all spacecraft power functions monitored

or controlled by the power OSE. Its test routine is com-

manded automatically from the control panel assembly

upon transfer to OSE test. During automatic self test, all

monitors and tolerance detectors are required to respond

to marginal conditions.

d. Automatic digital monitoring and recording sub-

system. Four assemblies make up the automatic digital
monitoring and recording portion of the OSE. This sub-

system is capable of fully automatic, semiautomatic, or
manual operation at the discretion of the operator. The

monitors are visually presented and permanently re-
corded on printed tape. Channels are available for 200

inputs, which may include ac, dc, and resistance measure-
ments. It is automatically controlled in self test by the

control panel to provide a printed record of the OSE

during this mode. A clock assembly is included to pro-

vide timed automatic scans at prescribed intervals with-

out an operator, for overnight use, or during extended

life tests. Each time an automatic scanning cycle is initi-

ated, the clock assembly records the time on the perma-
nent record.

e. Transformer-rectifier monitor assembly. The TR

monitor assembly is provided in the power OSE as a

gathering point for data from power subsystems supplied

by attitude control, CC&S, and space science experi-

ments. These data inputs are filtered, where required,
and distributed to the data monitoring subsystem for

display and/or recording.

_. Test monitor assembly. The test monitor assembly

is a special test assembly included in the OSE to pro-

vide direct access to all applicable spacecraft functions

(whether simulated or real) for purposes of fault finding,

analog recording, or manual testing. In addition, it houses

dummy loads for the spacecraft power subsystem, and

switching controls for simulating spacecraft commands

that normally originate in the CC&S attitude control or

command decoder subsystems.

g. Switching logic assembly. The switching logic as-

sembly provides necessary control, logic, and protection

for application of external power, solar panel simulated

power, and battery charging.

h. Auxiliary power supply assembly. The auxiliary

power supply assembly houses auxiliary, switching, and

precision reference power supplies required by the

spacecraft power subsystem and the OSE. All external

functions leaving the OSE are short-circuit-protected so

that a failure in the spacecraft or associated equipment

does not destroy cabling.

i. Dual power-source�solar panel simulator. Two as-

semblies are used to provide four separate isolated out-

puts for simulated solar panel power. These units serve

both as the simulators and as a constant-voltage power

supply for external power and/or battery simulation. The

main regulator is controlled from a voltage reference
source or from a function generator, which provides the

mode desired.

The power simulator developed for the Mariner Mars

1964 OSE met the requirements of a portable, main-

tainable field-test unit. It was designed to combine

420



J P L  TECHNICAL REPORT NO. 32-740 

requirements of both solar panel power simulation and 
external/internal power simulation into a single unit in 
order to eliminate redundant functions, simplify opera- 
tion, reduce size and weight, improve reliability, and 
reduce costs for the same quality of construction, com- 
ponents, and power capability. 

To adequately simulate the flight solar panel power 
configuration, it was required that four electrically iso- 
lated power sources be used. For this reason, each 
simulator contains two independent units. Two such 
assemblies are located in secondary power OSE to pro- 
vide the required four simulated solar panel power in- 
puts and (by changing modes) one external power source 
to the spacecraft power subsystem. 

9. Central Computer and Sequencer OSE 

puter and sequencer consists of five main assemblies: 
Operational support equipment for the central com- 

1. Blockhouse assembly 

2. Blockhouse power supply assembly 

3. System assembly 

4. System power supply assembly 

5 .  Logic-panel assembly 

These assemblies are used in three basic configurations: 
laboratory testing, system testing, and launch-mode test- 
ing. In the laboratory-testing configuration, the full 
capability of the OSE is used (all five assemblies), plus a 
signal conditioning assembly, and a preset counter and 
printer to fully monitor and exercise the CC&S through 
a complete simulated flight sequence. This configuration 
includes monitoring the CC&S outputs that normally 
interface with other portions of the spacecraft through a 
special set of systems cables. The normal OSE/CC&S 
interfaces are monitored through the umbilical cable and 
direct access cables. The direct access cables are con- 
nected from the OSE to the CC&S through the signal 
conditioning assembly. The CC&S OSE is illustrated in 
Fig. 327. 

In the system testing configuration, the CC&S is in- 
stalled in its normal position in the spacecraft and moni- 
tored by the OSE only through the signal conditioning 
assembly and umbilical cable. The system power sup- 
ply assembly, which normally pro\<des power to the 
CC&S, is not used in this mode because the CC&S is 
powered from the spacecraft power subsystem; the block- 

Fig. 327. Central computer and sequencer OSE 

house assembly, blockhouse power supply assembly, sys- 
tem assembly, logic assembly, printer, and counter are 
used instead. 

In the launch mode testing configuration, the CC&S 
is installed in the spacecraft and is ready for flight. The 
CC&S launch complex equipment monitors the CC&S 
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through the umbilical cable and uses only the blockhouse 
assembly, blockhouse power supply assembly and preset 
counter in this mode. 

a. Blockhouse assembly. All preflight preparation and 
testing is accomplished using the blockhouse assembly. 
The blockhouse assembly performs or monitors the fol- 
lowing functions: 

1. Inhibit counters 

2. Relay hold 

3. Clear counters 

4. Encounter update or master timer speedup 

5. Encounter update or master timer speedup verify 

6. Relay position indication 

7. CC&S clear indication 

8. CC&S OSE/power OSE interlock 

b.  Blockhouse power supply assembly. The blockhouse 
power supply assembly provides the following dc volt- 
ages to the blockhouse, system, logic-panel, and system 
power supply assemblies: 

+28 vdc 

-28 vdc 

+31 vdc isolated for relay hold 

-28 vdc isolated for relay hold 

c.  System assembly. The primary purpose of the sys- 
tem assembly is to operate and monitor the CC&S dur- 
ing system testing of the spacecraft. It forms an integral 
part of the laboratory-testing configuration, but is not 
used in the launch-mode configuration. The following 
functions are monitored or controlled in the systcm 
assembly: 

1. Spacecraft commands 

2. Launch and maneuver speedup 

3. 1 pps internal check 

4. Master timer specdup 

5. Midcourse maneuver control 

6. Agena D relay clamp 

d .  System power supply assembly. Input power to the 
CC&S is 2.4-kc 50-vac-rms square wave. In the absence 
of spacecraft power, input power is supplied by the OSE 
(during laboratory and subsystem testing only) and is 

controlled by a switch on the front panel of the system 
power supply assembly. This interface is monitored at 
all times, and, if the voltage increases by 10% above 
nominal or 15% below nominal for a period of 15 msec 
or greater, the interface is automatically open-circuited 
and a no-go signal issued. 

e .  Logic-panel assembly. The logic panel automatically 
sequences and monitors the CC&S through its entire 
flight sequence in the laboratory and subsystem config- 
uration. Sequencing of the CC&S is accomplished by 
remotely controlling the manual functions found in the 
system and blockhouse assemblies. A coded printout 
cycle, initiated by this assembly whenever any CC&S 
output event occiirs, gives CC&S time and event infor- 
mation. The monitoring and printout capability of the 
logic assembly may be used in a manual rather than an 
automatic mode. Monitoring of CC&S events that occur 
during a Spacecraft systems test is performed in the 
manual mode. 

f. Periphery equipment. Periphery equipment for the 
CC&S OSE consists of: 

1. The CC&S simulator 

2. The CC&S spacecraft substitution box 

3. The computer data system J-box 

CCGS simulator. The CC&S simulator (Fig. 328) is a 
portable test instrument capable of functionally qualify- 
ing the CC&S OSE. The design of the simulator was 

Fig. 328. CC&S simulator 
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accomplished to satisfy the need for a portable test 
instrument in three primary program test areas: OSE 
fabrication; spacecraft test operations; at Cape Kennedy. 
In OSE fabrication, the simulator was used to assist in 
qualifying every OSE interface at either the connector 
inputs to the OSE or at the spacecraft end points of all 
OSE cabling. In addition, the simulator was used to 
automatically cycle the OSE on a continuous basis thus 
allowing an adequate number of operational hours to be 
accumulated by the OSE before being used with an 
actual CC&S. In spacecraft test operations, the simulator 
was used to verify the operational readiness of the OSE 
before its participation in any test operation. At Cape 
Kennedy before launch-complex spacecraft test opera- 
tions, the simulator was used to qualify all CC&S um- 
bilical signal lines. 

The CC&S simulator is packaged in an all-weather 
aluminum industrial carrying case and weighs approxi- 
mately 37 Ib. All connectors, controls, and meters are 
located internally for maximum protection. 

CCGS spacecraft substitution box. The CC&S space- 
craft substitution box (Fig. 329) was designed to replace 
the CC&S for initial cabling checks on a new system test 
complex. 

Fig. 329. CC&S spacecraff substitution box 

The substitution box is also used in place of the CC&S 
to vary the 38.4-kc signal, as desired, either above or 
below nominal during special spacecraft tests. In addi- 
tion, it can be used if the CC&S is not available for 
some reason, or if troubleshooting is being performed 
on some other subsystem in the spacecraft. The box de- 
rives its power from the CC&S OSE cabling, and the 
only auxiliary equipment needed is a counter to calibrate 
the 38.4-kc power synchronization. 

Computer data subsystem J-box. The computer data 
subsystem J-box was designed to provide buffering be- 
tween the subsystem and certain CC&S OSE interfaces. 

The computer data subsystem monitors the state of 
all CC&S relays and the following functions at all times 
during a system test: relay hold, inhibit counters, CC&S 
1 pps, CC&S transfonner-rectifier voltages, RF load, 
parity check, clear counters, encounter update and verify, 
and relay position indicator. 

The J-box is powered from the CC&S OSE and 
requires no auxiliary equipment. Its use in a system test 

Fig. 330. Data encoder OSE 
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is entirely optional, and it is never used in conjunction

with launch-complex equipment.

10. Data Encoder Subsystem OSE

The Mariner Mars 1964 data encoder subsystem OSE

(Fig. 330) is a 100-channel time-multiplexed PCM en-

coder. Commutated analog data are digitized and serially

mixed with synchronization information to form a com-

posite telemetry signal output that modulates the space-

craft transmitter. The data encoder OSE was designed

to provide two separate, but related, capabilities. The

first capability is performing complete tests and calibra-

tions on the data encoder at the subsystem level. The

second capability is to monitor and perform, in conjunc-

tion with the STC, all possible data encoder operations

consistent with complete spacecraft testing. The data

encoder OSE is housed in a standard two-bay 6-ft rack.

a. Subsystem test operation. A data encoder subsystem

test essentially consists of verifying proper commutator

operation and accurate processing of all telemetry inputs,

exercising all mode command interfaces, and confirming

correct composite telemetry signal output. To accomplish

this, the STC mechanization (Fig. 331) includes a com-

mutator, analog telemetry input simulator, a command

simulator, a composite signal demodulator, and various

data display devices.

The commutator consists of a series of counters that

sequence in the same manner as the spacecraft encoder's

commutator. It is synchronized to the spacecraft en-

coder by the commutator deck synchronization signals

received from the spacecraft encoder clock that drives

both units. Once synchronized, the OSE commutator

free-runs, and comparison of OSE and spacecraft en-

coder synchronization times determines the spacecraft
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encoder commutator performance. The analog signal 
source provides precision inputs to all the spacecraft 
telemetry input lines of the spacecraft encoder. These 
inputs (resistor, voltage, and digital) allow proper check- 
out and calibration of the encoder’s signal processing and 
analog-to-digital conversion. The command simulator 
exercises all the spacecraft command mode inputs to the 
encoder, such as Data Modes 1, 2, 3, 4, and bit rate 
change. Evaluation of the encoder’s performance is based 
on the output data encoded and printed by the com- 
posite signal demodulator and display devices. 

In addition, the equipment has homing capability, 
which reduces the test time considerably. In the homing 
mode, an OSE clock is substituted for the encoder clock, 
operating both commutators at high speed. When the 
desired channel is reached, the clock and commutators 
stop and that channel is interrogated continuously. 

b. System test operation. When the data encoder is 
assembled in the spacecraft, the STC, as part of the 
spacecraft system test complex, monitors the encoder’s 
performance. In  this configuration, the STC operates in 
much the same manner as in subsystem tests. Deck syn- 
chronization and composite signal outputs are received 
from the encoder, and homing capability is preserved 
via the spacecraft’s umbilical connector. The telemetry 
signal and command simulators are not used since these 
inputs are replaced by actual spacecraft functions. 
However, command capability is still maintained by 
means of the direct-access functions. As the name im- 
plies, the direct-access functions are cabled directly 
between the OSE and the encoder, without being chan- 
neled through any intervening test complex or spacecraft 
cabling. In addition, the STC contains several isolated 
buffers to send encoder status functions and signals to 
other units in the test complex. 

c. P e r f o m n c e  evaluation. The data encoder OSE 
operated effectively throughout the Mariner Mars 1964 
test program. The only significant problem observed was 
the unusual susceptibility to noise of the OSE/spacecraft 
interface circuits, especially in the long lines used in the 
launch configuration. It is recommended that on future 
programs such noise-immune circuits as low-impedance 
integrating decision circuits be used on these interfaces, 
both in the encoder and in the OSE. 

11. Attitude Control Subsystem OSE 

system test set and the launch-complex set. 
The attitude control subsystem OSE consists of the 

Fig. 332. Attitude control OSE system 
test set 

a. System test set. The system test set (Fig. 332) is 
capable of testing and evaluating the attitude control 
subsystem, during spacecraft system and subsystem tests, 
in conjunction with the spacecraft subsystem interfaces. 
All monitoring, test, and control devices in the system 
test set are provided with self-test capability at the test 
console. These self-test features do not detract from the 
normal operation of the OSE and do not react with 
the flight equipment. A functional block diagram is 
shown in Fig. 333. 

Direct inputs. Voltage monitoring of the pitch, yaw, 
and roll gyro amplifiers verifies midcourse maneuver 
phasing, rate control of position changes, and operating 
conditions of the gyros using heading errors. The moni- 
toring is performed by the gyro monitor panel assembly. 
Due to the relatively high resistive isolation in the gyro 
amplifier test outputs, a line amplifier assembly located 
in the J-box is used through which all three signals pass. 

425 



JPL TECHNICAL REPORTNO. 32-740

AUTOPILOT

CONTROL AMPLIFIER

JET VANE ACTUATOR

GYROS AND GYR0

ELECTRONICS

OUTPUTS TO

COMPUTER DATA_

SYSTEM

CONTROL SYSTEM ELECTRONICS

LOGIC POWER

ATTITUDE CONTROL POWER

SWITCHING AMPLIFIER

o3
Z

•J 0

o I--
u

-- Z
.-i
=E LL
D

GYRO-OUTPUT LINE

AMPLIFIER ASSEMBLY

hi D
n" .L
F,

r

GYRO MONITOR ASSEMBLY

SUN AND CANOPUS PANEL ASSEMBLY

SYSTEM MONITOR PANEL ASSEMBLY

POWER SUPPLIES

RECORDER ASSEMBLY

FUNCTION SELECTOR

COMMUNICATIONS (COMPLEX)

TELEMETRY DATA PRINTER

COLD GAS SYSTEM

AND SOLAR VANE

ACTUATORS

SUN GATE

I
I SUN SENSORS

CANOPUS SENSOREARTH DETECTOR

I

I
"- II

iII
1 III
I II

I
Ii I

LJ/I
]

91-

ATTITUDE CONTROL FLIGHT SUBSYSTEM

OSE SYSTEM TEST SET

MONITOR AND SIMULATION

DEVICES (PERIPHERY OSE)

EARTH DETECTOR LIGHT HOOD

CANOPUS SENSOR LIGHT HOOD

SUN SENSOR LIGHT HOODS

SUN GATE LIGHT

PRESSURE SWITCHES AND

SOLAR VANE MOVE TRANSFORMERS

Fig. 333. Attitude control OSE system test set functional block diagram

Voltage tolerance detectors are used to verify correct

levels of the following transformer-rectifier units:

-+-26 v logic power

±26 v attitude control

+ 25 v Canopus sensor power

± 35 v gyro power

The outputs of the Canopus sensor are checked by the

Sun and Canopus acquisition panel assembly using sev-
eral methods:

1. The brightness (intensity) output voltage to the

telemetry circuits is displayed in analog form on a

panel meter.

2. The Canopus cone-angle voltage is monitored and

displayed on a panel meter. The reading corre-

sponds to the electrical setting of the Canopus

sensor field of view, and is compared to the OSE

position stimulus.

3. The roll error signal is presented on a panel meter.

4. The acquisition signal is detected and is used to

operate a panel indicator.

The pitch and yaw position error signals to the telemetry

circuits are indicated by panel meters at the system test

set and represent the inputs to the pitch and yaw switch-

ing amplifiers. The roll error indication is the roll

switching amplifier input. These three monitors are used

to check the trip points of the three switching amplifiers.

The roll rate command signals (magnetometer calibration

and roll search) are also indicated on the roll position

error meter. The voltages derived from the four jet vane

position potentiometers in the actuator assembly are pre-

sented on panel meters of the system analysis panel

assembly and are compensated to reflect the angle of

rotation. These voltages are used to verify the autopilot

phasing and operation with respect to the attitude con-

trol subsystem. The Earth detector telemetry signal is
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level-detected to indicate normal operation when prop-
erly stimulated. A microswitch actuated by the Canopus

sensor Sun-shutter solenoid activates an indicator at the

system test set.

Indirect inputs. A pneumatic system of pressure
switches, bleed orifices, and check valves is used to

detect the operation of the spacecraft control gas valves

used for pitch, yaw, and roll stabilization. This pressure

switch system verifies the valve operations by indicators
at the system test set.

Prior to the Mariner Mars 1964 program, all space-

simulation tests on completed spacecraft were performed

with the attitude control gas subsystem disconneeted or

capped, because a sudden change in gas pressure in the

chamber due to operating a number of gas valves might

have caused excessive changes in chamber pressure. A

pressure-switch monitoring system was used for the first

time on the PTM that permitted testing of the attitude

control subsystem without breaking any connectors or

capping the gas system. The advantages of this technique

are twofold: the integrity of the attitude control subsys-
tem as a whole is maintained and the solar vane actu-

ators are allowed to operate in the normal manner, since

they depend on the operation of the gas systems.

Twelve gas valves are used on the spacecraft to control
its attitude. The valves are located at the ends of the

solar panels in the following configuration: four valves

on the +X panel, four valves on the -X panel, two
valves on the +Y panel, and two valves on the -Y

panel. The system for monitoring the operation of one

gas valve at atmospheric pressure is shown in schematic

form in Fig. 334. When the gas valve operates, the gas

flows through the check valve and operates the pressure

switch. Gas is continually bled to atmosphere through
the orifice so that the pressure switch will reflect the

absence of pressure soon after the gas valve is shut off.

CHECK VALVE

SPACECRAFT _

GAS VALVE

OBE

SELF TEST

Fig. 334. Gas-valve monitor system for use at

atmospheric pressure

The other check valve provides an inlet for self-test pres-

sure to operate the pressure switch, and isolates the self-

test pressure source from the flight gas valves. The

system in Fig. 334 is used for each gas valve, and mani-

fold blocks are machined in such a way that the check

valves, pressure switches, and bleed orifice components
are inserted into the blocks and the check valves are

connected to the gas valves.

The system used in the vacuum chamber is a modifi-

cation of the atmospheric-type system. The result is illus-

txated in Fig. 335, which shows the configuration of the

bleed orifices of all four pressure-switch assemblies.

The pressure-switch bleed orifice assemblies are con-

nected together and brought out of the chamber to a

reservoir tank and vacuum pump. This pump creates

a vacuum that approximates the one seen by the pressure

switch. Therefore, when a gas valve operates, the pres-
sure actuates the pressure switch and the external vacu-

um pump extracts the gas passing through the bleed
orifice. The external vacuum pump is not started until

the chamber pressure is down to a reasonable vacuum

or the pressure switches will be reverse-pressurized and
damage will result.

The self-test check valves are connected together and

brought out of the chamber in a manner depicted in

vALvE 
SYSTEM
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SYSTEM

L._FOUR-VALVE_I_._I

SYSTEM 1--'
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Fig. 335. Gas-valve monitor for vacuum-chamber testing
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Fig. 335. A dry-nitrogen pressure source was connected

to this line so that the pressure switches could be tested

in the event of the loss of gas-valve indications. All of

the pressure switches are actuated simultaneously.

Movement of each of the four solar vane actuators, as

a function of the gas-valve actuations, is detected by a

linear transducer. A steel slug is flexibly connected to

a point near the solar vane thermal actuator. When the

solar vane actuator is stepped, the slug is moved into or
out of a linear transducer assembly that produces an out-

put corresponding to the movement of the slug. These

outputs are displayed on panel meters at the system test

set. The attitude control switching amplifier is forced to

switch at a rate no greater than 1 pps by the injection of

an error signal slightly larger than the deadband switch

point. The error signal is obtained by controlling the

illumination of the cruise Sun sensors and by using

the derived rate feedback as the shutoff signal. The solar

vane electronics force the solar vane to step +0.01 deg

for every pulse from a counterclockwise gas jet. A pulse

from a clockwise gas jet results in a -0.01 deg step.

Monitoring of this action is accomplished by totalizing
the number of clockwise and counterclockwise gas-jet

actuations algebraically until a count of 100 is registered.

At that time, the switching amplifier forcing function is
removed, and the solar vane net movement is read on

the solar vane meter monitors. Since 100 pulses are moni-

tored, a difference of 1 deg should be noted on the solar
vane meters.

Direct outputs. Provision is made at the system test set

to operate the autopilot power relay when it is desired to

actuate the autopilot subsystem separately from the nor-

mal midcourse maneuver sequence.

Comprehensive analysis of the rate and position gyro

system is accomplished by using a dynamic rebalance

loop in the system test set. This rebalance loop simulates

the dynamics of the spacecraft. With this capability, the

gyros are less susceptible to damage, and long duration

turns become attainable. As the gyro senses an error

rate, an out-of-phase voltage appears at the gyro power-

amplifier output; e.g., a plus voltage for a counter-

clockwise error rate. The voltage amplitude is directly

proportional to the error rate, and exceeds the switching-

amplifier rate threshold at approximately 0.02 deg/sec

in the roll channel and 0.07 deg/sec in the pitch and

yaw channels.

Supposing a counterclockwise error rate, operation

of this system is as follows. Exceeding the switching-

amplifier rate threshold activates a clockwise valve; the

OSE pressure switch senses nitrogen flow and applies an

integrator input in phase with the gyro-amplifier output.
This input is integrated according to a spacecraft accel-

eration constant and supplies a torquer current (rebalance

current) out of phase with the gyro-amplifier torquer cur-

rent. As torquer current is reduced to the value corre-

sponding to the switching-amplifier lower-limit rate
threshold, the clockwise valve turns off and grounds the

integrator input. The gyro-amplifier output remains at

the switching-amplifier lower-limit rate threshold for a

constant error rate and/or until integrator decay of suffi-

cient magnitude occurs, which reduces the torquer re-

balance current. This cycle continues until spacecraft

motion is stopped. Any change in the direction of rate

reverses the sequence.

During commanded turns (midcourse maneuver), the

operation sequence is basically the same, with the excep-

tions that (1) the current to be balanced out is the turn

command current triggered by the CC&S, and (2) a posi-

tion storage capacitor is inserted in the gyro loop. The

integrator balances the three gyro loops and holds

the gyro gimbal system at a relatively constant position,

thereby reducing the chances of possible damage to the

gyro from such causes as sudden disturbances to the

spacecraft while the gyro loop is saturated.

The attitude control OSE provides certain subsystem

analog and status functions to the computer data sys-
tem for redundant monitoring, recording, and time cor-

relation with other spacecraft events. In this way, a

complete record of the operation of the attitude control

subsystem as a portion of the total spacecraft during a

system test was provided. In addition, a special subrou-

tine was used to dynamically verify the performance of

the autopilot and jet vane control.

Indirect outputs. The system test set periphery equip-

ment consists of seven light hoods to stimulate sensors

in the attitude control subsystem. Four light hoods stimu-

late the sixteen Sun sensors used for Sun acquisition and

Sun-line orientation. One light hood provides a colli-

mated source to operate the two Sun-gate sensors. An-

other light hood simulates the star Canopus and provides

roll error signals and acquisition signal level testing of

the Canopus sensor. Fifteen light sources are required

in this hood to provide clockwise, counterclockwise, and
null stimuli for five separate cone angles. Also housed

in this light hood is a high-intensity source to actuate
the Sun shutter electronics that protect the optics of the

sensor. The last light hood is used to test the Earth de-

tector, which aids in verifying Canopus acquisition by
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acknowledging the geometric presence of Earth during 
the early part of the flight path. 

7 .  Providing 2.4-kc power (used in the absence of the 
spacecraft power) in support of subsystem evalua- 
tion of the spacecraft pyrotechnic subsystem. 

b. Launch-complex set. The attitude control launch- 
complex set consists of the gyro monitor panel assembly, 
identical to the unit in the system test set, a voltmeter, 
and the gyro line amplifier assembly with associated 
power supply. Provision was made at the panel assembly 

For the launch operation, the pyrotechnic OSE was 
required to monitor the following umbilical functions: 

1. The Position of the Pyrotechnic fail-safe relay 
to electrically bypass the line amplifiers in the event of a 
critical failure late in a launch attempt. These units pro- 
vide continuous monitoring of the gyro outputs from 
spacecraft power turn-on to liftoff and precision mea- 
surement capability for comparing gyro heading data. 

Self-test signals originating in the gyro monitor panel 
assembly are sent to the line amplifiers during the proper 
test mode. The performance of the amplifiers is then dis- 
played on the panel meters. 

12. Pyrotechnic Subsystem OSE 

The pyrotechnic subsystem OSE has three basic sup- 
port roles: subsystem evaluation, system testing, and 
launch operations. The functions that were required to 
support both system testing and the launch operations 
were built into one panel and identical units were used 
in both support areas. 

2. The position of the solar panel or scan platform 
pinpuller 

Another tool used in the pyrotechnic area is the field 
test kit. The field test kit (Fig. 336) is a self-powered 
portable instrument used (1) to determine the condition 
of the spacecraft pyrotechnic subsystem before and after 
the installation of squibs or squib simulators, and (2) to 
verify that the subsystem is flight-ready after final space- 
craft flight preparation in the explosive safe area. The 
instrument: 

1. Determines the voltage charge on capacitor banks 
within the pyrotechnic control units 

2. Discharges capacitor banks if a charge exists 

3. Determines that all squib firing lines are continuous 
and are not shorted or grounded 

During the subsystem and system test and evaluation 
portions of the program, the pyrotechnic OSE provided 
the following capabilities: 

4. Accurately measures the resistance of each squib 
and squib firing line 

1. Testing of the spacecraft squibs by determining, 
both before and after sending a fire squib com- 
mand, if the squibs had actually fired. 

2. Monitoring of the voltage on the capacitor banks in 
the different pyrotechnic control subassemblies. 

3. Giving a visual indication (by lights) of the position 
of the different squib-firing relays. These circuits 
were continually monitored to determine if any un- 
scheduled squib-firing commands had been issued. 

4. Giving visual indication of the position of the mid- 
course inhibit and transfer relays. 

5. Generating a permanent record of each squib-firing 
pulse (current), on a high-speed, direct-writing os- 
cillograph. 

6. Recording, via an elapsed time indicator, the exact 
length of time that power was applied to the space- 
craft pyrotechnic control units. A secondary func- 
tion is giving a visual indication of the arming 
(power on) of each pyrotechnic control unit. Fig. 336. Field test kit 
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5. Indicates the position of propulsion transfer relays 
within the pyrotechnic control units 

6. Indicates the position of propulsion inhibit relays 
within the pyrotechnic control units 

in the output of the pyrotechnic control units 

indicator integrity 

7. Indicates the presence (if any) of potential existing 

8. Self-tests circuitry for battery condition, meter, and 

13. Video Storage Subsystem OSE 

The video storage subsystem OSE was used to stimu- 
late and monitor the VSS while it was installed on the 
spacecraft during system test operations, during FA and 
TA testing, during final acceptance testing at the ven- 
dors, and during various bench-testing operations. 

The video storage subsystem OSE capability includes 
supplying 2.4-kc power, 400-cps single-phase power, and 
400-cps three-phase power. The picture-recording se- 
quence is simulated by the DAS sequence simulator. 
Length of picture, period of bit synchronization without 
data, and the length of pause between pictures is vari- 
able. Data are obtained in the form of a seven-bit digital 
word with the one, zero pattern selected by toggle 
switches. 

In the system-test configuration, the OSE generates 
subsystem control functions and monitors various sub- 
system parameters through the umbilical and direct- 
access cables. Isolation of the spacecraft is attained by 
using transformer-coupled circuitry, isolation amplifiers, 
and isolated power supplies. 

The VSS OSE is contained in a dual-bay rack 
(Fig. 337). The following commercial test equipment is 
incorporated: an oscilloscope with differential preampli- 
fiers, a frequency counter, a digital voltmeter, a galva- 
nometer control panel, and a 2.4-kc power supply. The 
OSE used in the VSS bench-test configuration and in 
special testing contains an rms voltmeter and an audio 
oscillator. 

Four running-time meters are provided. These meters 
indicate (1) the elapsed time that the VSS subsystem was 
powered, (2) the time that the record motor was nin- 
ning, (3) the time that the playback motor was running, 
and (4) the time that the OSE was energized. 

Outputs are fed from the OSE to the computer data 
system, which monitors OSE indications of track status 

Fig. 337. Video storage subsystem O S €  

and record on/off status. A special program is available 
from the computer data system to use the integrator 
monitor signal for an indication of in-synchronization 
playback. The integrator monitor function is available 
at the central recorder so that it can be recorded during 
the playback mode. 

14. Science Subsystem OSE 

The science subsystem OSE includes all the nonflight 
hardware used to test the science subsystem. The basic 
requirements for the science OSE are: 

1. To supply power and spacecraft conditioning sig- 
nals to the science subsystem in lieu of the Space- 
craft System 

bench-test type inputs 
2. To stimulate the flight instruments with flight- or 

3. To operate and monitor the science subsystem flight 
instruments without the DAS 

4. To monitor and record the flight-instrument power- 
supply output voltages 
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5. To monitor and record the output of the flight in-

struments, including the DAS

6. To monitor and record the outputs of the DAS

either directly or through the spacecraft telemetry
link

7. To compare the digital output of the DAS with the

analog or digital outputs of the flight instruments

8. To record the discrete events occurring within the

science subsystem

In describing the science OSE (Fig. 338), the isolation

box may be considered as the OSE interface with the

spacecraft, and the remainder of the system may be

divided into three areas: instrument monitoring and

stimulation, DAS monitoring, and the PDP-4 computer

interface. The isolation box is mounted on the spacecraft

mounting fixture; it contains terminal boards for routing

signals and printed circuit boards that afford isolation,

signal conditioning, and cable-driving capabilities to the
system.

The first area of the OSE consists of the equipment
used to power, stimulate, and monitor all of the scientific

instruments except the DAS. The 2.4-kc and 400-cps

power is generated by the power supply, with the 2.4-kc

input adjustable in both amplitude and rise time.

The instrument stimulators fall into four categories:
radioactive sources, internal stimulators housed within

the OSE, stimulators separate from the integral OSE

system, and the spacecraft platform cover stimulus lights.
The radioactive sources are supplied by the instrument

cognizant engineers for the Ionization Chamber, Trapped

Radiation Detector, and Cosmic Ray Telescope instru-
ments. The sources have holders that are mounted either

to the associated instrument or to the spacecraft. The

internal stimulators are controlled by the OSE operators.

They include three test currents for the Solar Plasma

Probe, and the pulses for the Cosmic Ray Telescope and
the Cosmic Dust Detector. The external stimuli consist

of light sources for the planetary scan, the subsystem "IV

collimator and target, and the Magnetometer Helmholtz
coil system that is used to null out the Earth's field at

the Magnetometer. The Helmholtz coils may also be used

to induce 60 7 offsets along each Magnetometer axis.

The platform stimulus lamps are mounted in the scan-

platform cover. The lamps are mounted in front of the

TV vidicon, the planetary scan sensor, and the narrow-

angle Mars gate. The launch checkout equipment stimu-

lus control chassis contains variable power supplies and

control logic for the stimulus lamps. Power to the stimu-

lus lamps is provided through the umbilical cable from

this chassis to the spacecraft.
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The OSE is capable of measuring the five types of

signals originating in the science instruments. All func-

t-ions, except discrete DAS events, are routed through
crossbar selectors so that each signal can be monitored

by a digital voltmeter, an oscilloscope, or both. All analog

signals and instrument power-supply voltages are moni-

tored on a digital voltmeter and recorded on a printer.
Pulse intervals are measured in the interval counter, and

the values are recorded on a printer. The Ionization

Chamber data are expressed as a function of the time

between successive pulses; the interval counter men-
tioned above measures the time and records between

pulses. Six Geiger-Miiller tubes (five in the Trapped

Radiation Detector and one in the Ionization Chamber)

transmit serial pulse trains to the OSE. These pulses are

counted in the count-rate accumulator and are printed

out at 1-min intervals. Pulses from the Cosmic Ray

Telescope are counted and recorded. The Cosmic Dust

Detector output is monitored by a series of lights that

check the state of two of eight bit registers.

A visicorder is used to record discrete events from the

DAS; these signals are level shifts. A second visicorder

is used to measure and record the position of the scan

platform.

Four sources of television data are available from the

isolation box: analog video, TV digital 83.3 kc, DAS

digital 10.7 kc, and DAS digital from the umbilical

cable. The TV control panel contains monitoring lights

that indicate the status and type of data being received;

it also has switching capabilities for selecting the desired

data to be monitored. All digital data go to the TV

digital-to-analog converter. All analog data are displayed

on a television monitor and recorded on 35-mm film by

a kinescope recorder. The 10.7-kc digital data are pro-

cessed by an external computer.

The DAS control console houses the equipment for

formatting, displaying, and recording the DAS data out-

put. The DAS control panel selects either hard-line data

from the science isolation box or data from the ground
telemetry station; it can also select the real-time bits that

are stripped from the 10.7-kc digital television data by
the TV control panel. The selected data are sent to the

real-time data translator where they are transformed

from a digital to an octal format. The output of the data

translator is sent to three data printers for display. These
displays can be compared with the direct instrument out-

puts as printed out by other parts of the OSE already
described. For permanent records, the data from the

translator are put on a paper punch.

The computer control console was designed to provide

signal conditioning for a PDP-4 computer under ad-

vanced development of the science OSE. The computer
control console could be connected to the spacecraft in

place of the instrument control consoles. The flight in-

strnments' performance (except the TV) could then be

analyzed by the PDP-4 computer. Schedule time did not

permit a test of this configuration or preparation of pro-

grams for it. Instead, the PDP-4 computer control system

was adapted for computer analysis of the 83.3-kc digital

TV data because the flight TV data program was not
yet available.

Each of the three sets of science OSE was tested prior

to its delivery to the spacecraft operations facility. The

initial science OSE testing was completed using non-

flight instruments. Not all of the features of the OSE

were fully used; however, all of the concepts embodied

in the systems were verified to the extent that the

schedule permitted.

The science OSE performed as designed and proved

extremely versatile and conveniently adaptable to the

many test modes required (including environmental test-

ing and launch operations).

15. Computer Data System

The system testing of all Mariner Mars 1964 spacecraft

was aided by the use of a real-time on-line automatic

data system that provided for the acquisition, processing,

printout, and recording of test data. One of the most

important functions of this system was the suppression

of redundant telemetry and analog data samples so that

only significant data were printed out during test opera-

tions. The system-test operators and data analysts were

thus relieved of the task of assessing reams of inconse-

quential data.

A block diagram of the computer data system is

shown in Fig. 339. The input data acquisition capabilities

of the system are as follows: (1) bit-serial PCM teleme-

try data from either data encoder OSE or ground

telemetry OSE (up to three data streams simultaneously);

(2) 176 analog data channels, including 80 submulti-

plexed channels, from the spacecraft direct-access or um-
bilical connectors (via the OSE); (3) 144 status or on-o_

type signal channels from the spacecraft and OSE; (4) 96

event channels, including 16 transient detectors, from the

spacecraft and OSE; (5) digital video signals at either

10.7-bps DAS buffer rate, or 8%-bps video-storage play-

back rate; (6) 10 counter registers; (7) a real-time clock;

and (8) a spacecraft (CC&S) clock.
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Fig. 339. Computer data system block diagram

All types of incoming data are formatted and recorded

on digital magnetic tape prior to processing or editing

to permit subsequent non-real-time analysis either on the

system computer or off-line on the IBM 7094 computer.

The real-time data processing and display functions
consist of: (1) computer decommutation of PCM teleme-

try; (2) raw-data limit testing; (3) data compression (com-

parison of each telemetry or analog data sample to its

corresponding previous value to suppress printout, unless

the sample value has changed by more than a preset

tolerance); (4) scan control of the analog multiplexer;

(5) conversion of data to engineering units; (6) message

formatting, and identification of all types of printed data

with 9-digit English-language rifles; (7) identification and

printout of status changes, event occurrences, clock

and counter readings; and (8) printouts of specific classes

of data at the test director's request. Non-real-time pro-
cessing provides for recalculation of recorded test data,

selective tabulation of data derived from the different

spacecraft subsystems, and data plotting.

A reproduction of a typical page of line printer teleme-

try data is shown in Fig. 340. The upper left-hand section

identifies test step number, and shows spacecraft corn-

mand, status, events and counter data, as well as analog

data ff they are being acquired. The upper right-hand

section shows about 6 min of engineering telemetry data

output in the data compression format. All time tags are

1-msec precision, enabling the determination of the stim-

ulus event, as opposed to the response event, in case of

doubt. Data shown are in engineering units, including a
signal exponent to indicate the location of the decimal

point.

The printout shown was generated at the test diz_-

tor's request; it is the latest available reading of all engi-
neering telemetry channels, and illustrates one of several

request printout options that are available.

The Univac 1218 computer and the associated control

console and magnetic tape units are shown in Fig. 341.

One of the racks contains docks, displays, and logic for

communications with the data input system, as well as a

programming console, a card reader, and a plotter. The

data input system and data printers (Fig. 342) are located

in the STC. Control signals, such as special printout re-

quests, enter the system from the test director's console

located in the test complex. The main data printer dis-

plays all messages and data generated by the system. Six

teleprinters are used to display subsets of the total engi-
neering and science data to the representatives of the

various spacecraft subsystems.

The flow chart for the real-time program (Fig. 343)

shows the main soft-ware features of the system. During

the system test and postlaunch period from February 1

to November 30, 1964, the computer data system was
operated 3730 hr, or 51% of the total hours available.

The down-time was 10% of the total operating time, and

the down-time during the periods of requested test sup-
port was 1.7%.

16. Telemetry Teletype Encoder

The telemetry teletype encoder was designed and con-
structed by the DSIF for use on both the Mariner and

Ranger programs. Its primary use is in a typical DSIF

tracking station as a means of applying telemetry data
to teletype lines for near-real-time transmission of the

telemetry data to the SFOF at JPL. Its use in the space-
craft system tests, environmental tests, and launch tests

was also primarily the same as in a tracking station. This

enabled the SFOF and all associated operations person-

nel to become familiar with (1) spacecraft operations in

virtually all possible phases before flight, and (2) inter-
faces nearly identical to those that would be encountered

in the actual flight.
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Me-4 $/C AND STC VERIFICATION TEST (ETR) NOVEMBER 1_ 1964

14,23o13.500 GCD XMIT ON 00000 000 0000

14.25.21.018 STEP NO 176
14.23.23.500 CMD EVENT ON 00000 000 0000

14.23.39.262 GRND CNND DC08
14.23.39.494 GCD XNIT OFF 00000

6 652 0 0000 0
000 0000

14,24.51.382 PLASHA T1 ON 00000 000 0000

14.26.35,457 GCD XMIT ON 00000 000 0000
14,26.45.457 CHD EVENT ON 00000 000 0000

14,27,01.219 GRND CMND DC28
14.27,01.452 GCD XMIT OFF 00000

14,30,13,288 REOUEST E/TM/1 LAD
NIGH SYNC DECK 20X DECK 21X

000_+0 3100-2 5000-2
DECK 22X RCVR SPE PITCH POS

3200-2 6199-2 6400-2
NED SYNC ADC/PNG DECK 30X

0000_0 4700"2 0000*0
LO DRIVE DK 40/41X DK 42143X

B358"4 0000+0 0B00÷0
CCS E TME BR2 OUT I SP 4A1 1

3024-2 1656-6 1301-5
CAV/HELIX EXC -25V EXC -15V

9300-2 -2488-2 -1510-2
SYS PwR BAY 1 TMP BAY 5 THP

1510-1 7822-2 7294-2
CANOP TMP S ACT TMP ABS STD 1

840_-2 7622-2 9700-2
TEMP REF BAY 2 TMP BAY 5 LP

6400-2 1481-1 4757-2
L RNG TMP U RNG THP ABS STD 3

7682-2 7497-2 1260-1
P SUN SEN Y SUN SEN EARTH DET

1829-4 1152-4 -5875-4

6 662 o 0000 0
000 0000

EU
AGC CORSE CMD VCO F

-1142ol 0000÷0
YAW POS R POS/SCH

6300-2 5700-5
B/RS IN I PSL I RA_

2818-3 9991-4
H ANT PNR L ANT PHR

8000-5 83_0-2
SP 4A5 I SP 4A3 1

1113-5 779S-6
CONE ANG, TAPE PSI

0000÷0 21_9-2

T403 BAY 5 TM=
8500"2 7535-2

ADS STD 2 SCI COVER
1260-1 92_0-2

BAY 4 TMP X OSc TMP
7556°2 7985-2

ADS STD 4 UP SHLD T

1260-1 2990-1
BAD BAD

0000+0 0000+0

14.23.16.945 BAT DRAIN 5682-3 5207-3
14.25.20.515 EARTH DET 3378-5 7324-5
14.25.20.935 SYS PWR 1390"1 1540"1

14.23.26.6_5 EV CH 3/4 0502 0501
14.23.29,545 EXCIT PWR 2845-2 2747-2

14.25.48o655 PSL I RAD 9593-4 8400-4
14.25,4B.865 L ANT PwR 8500-2 7100-2
14.23.57,055 BATTERY E 3748-2 3774-2
14.24.22.466 BAY 5 LP 4757-2 4460-2
14.24o29.816 CHAM PRES 6471-2 5999-2

14.25.04.466 BAY 4 TMP 7356-2 7160-2
14.25.42.266 BAY 5 TMP 7555-2 7356-2
14.25.46.466 X OSC TMP 7965-2 7669-2

14.26.11.6A7 Xt-Y TEMP 7291-2 7094-2
14.26,24.267 BAY 6 TMP 8171-2 7975-2
14.26.28,467 BAY 1 LP 1000-1 9701-2
14.26.29.517 EARTH DET -5673-4 5578-5

14,26.46,7_7 PSL OUT E 5657-2 5684-2
14.26.46.947 BAT DRAIN 3999-3 368_-3
14.26.4B.2_7 EV CH 5/4 0503 0502
14.26.50.937 SYS PWR 1500-1 157_-1

14.27.06.2_7 BAY 7 LP 1059-1 1014-1
14.27.10.467 BAY 7 TMP 7814-2 7616-2
14,27.14,457 B/RS IN ! 7818-5 2742-5
14.27,16,137 PSL OUT E 5519-2 3657-2

14.27,27.0_7 BATTERY E 5616-2 3740-2
14,27.27,2_7 BAT CHG I 4814-6 -2949-5
14.27.28.947 BAT DRAIN 4158-5 5999-3
14.29.58.259 CAV/HELIX 9300-2 7400-2

PAGE 021

PTCH BYRO YAW GYRO ROLL GYRO CANOP INT PSL OUT E
1601-6 2200-6 2240-6 4600-2 3519-2

EV CH 1/2 EV _H 5/4 CHAH PRES PiP N2 PR FUEL PRES
1070-1 5_30-1 6235-_ 5693-1 5307-_

DR1 OUT I BATTERY E 2.4 E OUT X/-Y PSI -X/Y PSI
1500-5 5616=2 5064-2 1462÷0 9701-1

AGC FINE BAT CHG I FUEL TEMP X/-Y TEMP -X/Y TEMP
-1233-1 4814-6 1485-1 7291-P 7P34-_

SP 4A7 I BAT DRAIN 2.4 OUT I OXOZR PS| EXC[T PWR
1115-5 4158-3 1349-3 1222-1 284_-2

SV POS +X SV POS -X SV POS ÷Y SV POS -Y CC/S ÷2RV

-2915-2 5_69-2 4127-2 -357B-2 2774-2
BAY 6 TMP BAY 7 LP BAY 8 TMP PIP N2 TP SP4A1 TMP

8171-2 1_39-1 6_00-2 1476-1 7474-?
STD CEL] RES CEL | STD CEL E TV TEMP ION C TMP

2031-2 4_22-2 6269-1 0300-2 7196-2
BAY 1 LP BAY 7 THP T427 BATT TEMP SP4A5 THP

lO0O-1 7R14-2 7900-_ 7365-2 7590-_
LO SHLD T TAP_ TEMP T437 TRD TEMP HAG TEHP

-881_-3 7271-2 7189-2 5200-2 7379-2
BAD _AD BAD BAD BAD

000_÷0 0000e0 0_0_+0 0000+0 00_+0

Fig. 340. Typical line printer telemetry data
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Fig. 341. Univac 121 8 computer and associated control 
console and magnetic tape units 

In the Mariner Mars 1964 case, the encoder receives as 
it5 inputs telemetry data from the ground telemetry sub- 
system and time data from the central timing subsystem, 
both situated in the system test complex. The encoder 
then formats the telemetry data into equivalent teletype 
characters and inserts the time information at regular 
5-min intervals. 

The telemetry encoder synchronizes with the incoming 
data in Data Modes 1 and 2 in much the same way 
as the synchronizing information to present a TIT 
page print. The data printout is interrupted every 5 min 
to print a line that includes the DSIF station identifica- 
tion and the time (day, hour, minute, second). 

During high bit rate (331h bps) telemetering, the infor- 
mation rate of one TTy line is sufficient to transmit all 
the data in near-real time; therefore, two TTY lines 
are used in which the encoder drives two paper-tape 
punches. The paper-tape outputs of the two punches 
feed the two transmitter distributors at the input to 
each line. The data are then sent over the lines to the 
SFOF to be used in real-time analyses and to be used by 
the SFOF computing system for decommutation. 

17. Central Timing System 

A study was conducted to determine how the Mariner 
OSE could best be mechanized. This study indicated 

Fig. 342. Data input system 

the need for a common time reference for the entire 
system test complex. The system provided to carry out 
this function was called the central timing system. To 
be functional, such a system had to be able to support 
the OSE in any area in which tests might be per- 
formed. The system was one in which timing signals 
were distributed to a repeater known as the timing iso- 
lation unit. The STC and LCE each had one such unit. 
This unit also drove several remote display units. The 
basic system used the NASA 36-bit time code. The heart 
of the system was the central timing generator. which 
could be either synchronized from a central timing source 
or left free-running. IVhen used at JPL, the synchroniza- 
tion source was provided by the JPL Standards Labora- 
tory. For AFETR operations, time synchronization was 
-4hIR-BR19, BRIG-B code. Under certain conditions of 
testing, data were recorded on tape and played back 
for a more thorough analysis. The timing isolation unit 
was compatible with the output of the time code re- 
corded by the ground telemetry subsystem. By changing 
the timing isolation unit cables coming from the central 
time code generator to the time recorded on the GTS 
tape, the timing on the complex was in synchronization. 

18. Central Recorder 

The central recorder (Fig. 344) maintained a constant 
monitor on functions of the spacecraft and OSE opera- 
tions during a subsystem or system test. The record from 
the central recorder made it possible to correlate all 
operations of the system test procedure with spacecraft 
functions and time. 

The central recorder was also used as a visual monitor 
for normal operation system tests. The record was useful 
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Fig. 344. Central recorder assembly 

in postoperational evaluations, and was stored for later 
comparison with other similar tests. 

The amplifiers in the central recorder provided ampli- 
fication of low-level signals or circuit isolation, or both, 
as necessary for proper operation of the galvanometers 
in the central recorder. The central recorder consists of 
the following major elements: 

1. One recorder, which has a 50-channel capacity on a 
12in.-wide 350-ft-long direct-print paper, can be 
fixed to make the record permanent, if desired. 

2. A maximum of 50 galvanometers. 

3. Four galvanometer control panels of 12 channels 

4. Six amplifiers in a single module. These amplifiers 
are wide-band (0 to 10-kc) differential dc amplifiers. 

each. 

The central recorder was usually turned on at least 
30 min before the start of a system test. This was neces- 
sary to load the recorder with recording paper, to allow 
the mercury-vapor lamp to come up to its normal oper- 
ating temperature, and to permit the operator to check 
his incoming signals for their proper deflection. At a 
normal paper speed of 0.07 in./sec, the recorder could 
run continuously for 16 hr. 

19. Ground Telemetry Subsystem 

a. Function. The ground telemetry subsystem (Fig. 345) 
OSE is to the system test complex what the DSIF and 
SFOF are to the data handlers and analysts during the 
actual flight of the mission. 

The GTS OSE accepts the spacecraft’s composite 
telemetry signal from the data encoder via a hard wire, 
from the radio subsystem OSE, or from the GTS OSE 
tape recorder; the signal is then routed to the data de- 
modulator. The demodulator separates the composite 
signal into its two channels of synchronization and data 
recovery. A phase-locked loop is employed by the de- 
modulator to ensure that the demodulator clock is not 
only at the same frequency but also has the same phase 
as the spacecraft clock. Once the demodulator’s phase- 
locked loop has been locked, the demodulator begins to 
compare its locally generated pseudorandom code to the 
spacecraft preudorandom code recovered from the syn- 
chronization channel of the composite telemetry signal; 
this comparison is made by integrating the output of a 
phase detector and sampling the output level of the inte- 
grator. Once the two pseudorandom codes are correlated, 
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Fig. 345. Ground telemetry subsystem assembly 

the demodulator begins to produce bit-synchronizing 
signals identifying each data bit, and word-synchroniz- 
ing signals, which are seven-bits long, identifying each 
telemetry word. In the data channel, the data portion at 
the composite signal is routed to a phase detector, the 
output of which is integrated over one-bit time. The out- 
put of the integrator serves as the steering pulsc for the 
data flip-flop, which is toggled by bit-synchronizing 
signals. Thus, the demodulator accepts a composite 
telemetry signal and, from that, produces digital data, bit- 
synchronizing signals, and word-synchronizing signals. 
Data, bit-synchronizing signals, and word-synchronizing 
signals are routed to the several users, and are also fur- 
ther processed by the GTS. 

In the OSE, data, bit- and word-synchronizing signals, 
as well as the original composite signal are routed to the 
tape recorder for permanent recording. Data, bit- and 
word-synchronizing signals are also routed to the data 
decommutator, in which the serial data are grouped into 
seven-bit words, and each word is identified with the 
proper data-encoder channel address. The decommutator 

is able to properly identify each word by synchronizing 
itself with the data-encoder commutator; the synchro- 
nization is accomplished by detection of a unique syn- 
chronizing word located at  the beginning of each rate 
frame. Also, the decommutator generates digital synchro- 
nization status signals so that the data users may be 
aware of the validity of the data. 

From the decommutator binary coded decimal data, 
measurement commands (address signals), read com- 
mands, and synchronization status signals are routed 
to the printer programmer. In addition to the decom- 
mutator information, the printer programmer also re- 
ceives time information including hours, minutes, and 
seconds. The digital printers accept the information from 
the printer programmer and provide a printed record 
of thc channel address and its decimal data number with 
a time tag in hours, minutes, and seconds. 

In the normal mode of operation, the GTS receives the 
NASA 36-bit time code signal from the central timing 
generator through a timing isolation unit. The GTS time 
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code translator/generator then translates from this signal

the NASA 28-bit dc-level shift code and binary-coded

decimal time including days, hours, minutes, and sec-

onds. "Whenever the central timing generator becomes

inoperative, the GTS translator/generator is switched to

the generate mode and it supplies time to the timing iso-

lation unit to distribute to the rest of the STC equipment.

The GTS OSE also has a ground instrumentation fa-

cility that consists of 13 Inter-Range Inshnamentation

Group FM channels, which are recorded on one track of

the OSE tape recorder. The VCO's are modulated by

critical spacecraft signals and by spacecraft OSE signals;

thus, a record of the spacecraft's performance is obtained

that adds much greater detail to the information ob-

tainable from the composite telemetry signal. Since the

GTS OSE interfaces with almost every other subsystem

in the STC, complete isolation is maintained between

the GTS and all other subsystems.

b. Design evaluation relative to Mariner Venus 1962.

The major differences between the GTS OSE of the

Mariner Mars 1964 project and the Mariner Venus 1962

project are: (1) the data demodulator was modified for

automatic synchronous acquisition, which reduced the

maximum time for demodulator lockup from hours (for

Mariner Venus) to 4 min (for Mariner Mars); (2) the data
decommutator was modified to decommutate data for all

spacecraft telemetry modes; (3) the encoder simulator

was modified to provide digital outputs (i.e., data, bit-,

and word-synchronizing signals) thereby allowing the

decommutator to be checked without depending on

the demodulator; (4) a more reliable digital printer was

used; (5) a magnetic tape recorder was made an integral

part of the GTS OSE; and (6) the switching unit func-

tions were extended to include even the critical signals;

i.e., the composite telemetry signal, which allowed the

switching from one source to another without ever drop-

ping demodulator lock (thus, there was no interruption of

data to the complex).

c. System performance. Although several problems of
a repetitious nature were encountered with the GTS

digital printers during the initial months of the STC

checkout, these problems were corrected and the printers
were proven reliable. Evaluation of the entire GTS OSE

revealed that the system was well designed, fabricated,

and tested. A total of six engineering change require-

ments incorporated more desirable changes to the GTS

system, and, excluding the many printer problems, rela-
tively few failures occurred in the three sets of GTS OSE

during the 5500 hr of accumulated checkout times.

20. Telemetry Processing Subsystem OSE

The overall function of the telemetry processing sub-

system OSE is to enable IBM format (digital) recording

of the Mariner spacecraft television signals. To facilitate

a performance check of the various spacecraft subsystems

involved in taking, storing, and transmitting the TV pie-

tures, several access points along the signal flow path

are brought out for recording. These access points are:

1. The 10.7-kc DAS output

2. The 8½-bps tape output

3. The 8½-bps ground telemetry OSE output

The TPS OSE isolates all signals and reformats them

for transmission onto a pair of coaxial cables. The actual

IBM format recording is done on either the Univac 1218

digital computer (part of the computer data subsystem)

or an IBM digital translator in the telemetry processing

station. While the spacecraft was at JPL for testing,

recording was performed at the telemetry processing

station; but while it was at AFETR, all recording was

performed on the Univac 1218 computer. A program
was written for the IBM 7094 so that the IBM-format-

recorded TV data could be printed out in tabular form

or made into 35-mm slides by the link video film recorder.

D. Launch Complex Equipment

The LCE for the Mariner Mars 1964 program con-

sisted essentially of six racks of equipment: two located

in the launch pad building immediately beneath the

umbilical tower, and four located in the blockhouse.
These six racks contained selected elements of most of

the subsystems represented in the STC that were re-

quired to support the launch operations. In many in-

stances, parallel equipment was available to support the

operations in Hangar AO. Many electrical modifications

were made to this equipment so that it could operate

in the long lines and the high noise levels encountered at

the launch complex.

The purpose of the LCE was to set the spaceca'aft in
the launch mode after it was mated to the launch vehicle.

Figure 346 is a block diagram of the OSE configuration

at both Hangar AO and the explosive safe facility at

Cape Kennedy. During spacecraft testing at the explo-

sive safe facility, the spacecraft was connected to the

system test complex for monitoring purposes through

the RF link only. A connection was made through the

umbilical connector to the dummy run trailer, which

contained similar equipment to the LCE. When the
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Fig. 346. OSE configuration at Hangar AO and ESF

spacecraft was moved to the launch complex, it was

connected to the OSE in the configuration shown in

Fig. 347. The parasitic antenna on the shroud provided a

means for connecting the spacecraft to the STC through
the RF link, using either the antenna on the service tower

or the antenna on the umbilical tower. A hard-line RF

connection was also made through the umbilical tower

and was routed through the launch pad building and the

blockhouse to the STC at Hangar AO.

The equipment located in the launch pad building

consisted of science OSE, launch support power, and

line-driver amplifiers (required because of the long-line

cables between the launch pad building and the block-

house). The blockhouse equipment consisted primarily
of power control, data encoder, attitude control, and

CC&S OSE subsystems.

1. Launch Support Power OSE

The launch support power OSE (Fig. 348) incorporated

those elements of power, monitoring, and control neces-

sary to support the spacecraft power subsystem during

the prelaunch operation in the launch complex.

The equipment furnished the basic monitoring and

controlling features provided in the system test set, but

reflected the constraints and design considerations im-
posed by the launch operation and site. No automatic

data monitoring and recording was provided. The launch
control set was distributed over three areas: the block-

house, the launch pad building, and the umbilical tower.

a. Control panel. The control panel was housed in the

blockhouse console and provided the same operator

interface as the system test counterpart except that:

1. The control function of solar panel power simula-

tion was not present

2. Recorder electronics off control was provided

3. No direct access functions were included

HANGAR AO

SERVICE

RF ---

HARD LINE ANTENNA

RF CONNECTIONS

UMBILICAL

TOW

UMBILIC:L

Fig. 347. OSE configuration at launch complex
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Fig. 348. Launch support power OSEfunclional block diagram

b. Power monitor and control commie. This console,

located in the launch pad building, contained the major

portion of the LCE. The equipment contained in the

power monitor and control console consisted of:

1. Auxiliary power supply assembly, which provided

the same features as the system test set auxiliary

power supply assembly.

2. Transfer assembly, which provided the same fea-

tures as the system test set transfer assembly.

3. Self-test assembly, which provided the same fea-

tures as the system test set self-test assembly.

4. Power control assembly, which provided the neces-

sary control logic and protection for application of

external power and battery eharging.

5. Dual power source simulator, which served as the

adjustable, constant-voltage, current-limited power

supply for external power.

6. Power distribution assembly, which was essentially

the junction point for distribution of ac power with-

in the LCE. The assembly housed the 60-cps isola-

tion transformer and the 400-eps, single-phase

regulator assembly. Metering was provided both for

the three-phase and the regulated 400-cps power.

7. The ac conditioner assembly, which was ider_tical

to the system test set assembly and was installed in

the umbilical tower J-box.

c. Alternating current conditioner assembly. This as-

sembly, contained within the umbilical tower J-box,
housed the ac-to-dc conditioner circuits, associated de

power supplies, and the operate/test transfer circuits

required for self-test. The assembly was powered from

the 120-v, 400-cps regulated source within the power

OSE, and was tested as part of the power OSE self-test
routine.

The complex waveforms of the spacecraft ac power

and the various configurations of OSE test cabling pre-

sented transmission problems that made direct monitor-

ing of the pertinent ac voltages unsatisfactory.

The approach used in the Mariner Mars 1964 power

OSE to reduce transmission problems applied signal

conversion or conditioning as close to the spacecraft

power system as was permissible. The ac conditioner

monitored the spacecraft ac power system voltages, and

produced de output voltages that were directly propor-

tional to the rms value of the monitored ae voltages.

These de voltages were sent to the power OSE monitor-

ing assemblies, where they were monitored continuously

441

J



JPL TECHNICAL REPORT NO. 32-740.

by the tolerance detectors and were periodically sampled

by the automatic data monitoring system.

Using conditioners between the spacecraft and OSE

monitors required the extension of the power OSE self-

test and transfer functions to the conditioner circuits.

Power to operate the conditioners also had to be sup-

plied. One of the six conditioner channels is represented

in block diagram form in Fig. 349. The ac signal from

the spacecraft was connected through a low-capacitance,

low-thermal-coefficient cable to the monitor input of the

conditioner assembly, and was then connected through

the operate (or normal) position of the transfer relay

to the input of the signal conditioner. The dc output

of the conditioner was connected through the power

OSE/umbilical J-box cable run to the power OSE moni-

tor circuits. This cable also carried the test and operate

transfer commands to the conditioner circuits and the

test and operate verifying indications back to the OSE.

The dc power for the signal conditioner was provided

by the transformer-rectifier supply contained within the

conditioner assembly. This supply was powered from

the regulated 400-cps source within the power OSE

through a separate cable. Another cable from the power

OSE brought self-test inputs to the conditioner by way

of the test position of the conditioner transfer relay. The

function command from the transfer relay was used to

program the conditioners, as required, to accept a clipped

sine wave as a test voltage.

The conditioner self-test was initiated by the power

OSE monitor's test function and was integrated with that

function to transfer the ac conditioner's inputs from

spacecraft voltages to test voltages that originated in the

power OSE self-test assembly. The high, low, and normal

test voltages applied to the conditioners substituted for

the spacecraft voltage waveforms and, in conjunction

with the tolerance detector test logic circuits, provided a

check on the performance of the conditioner circuits. In

addition, the automatic data monitoring system could be

used to display and compare the self-test voltages.

The conditioner assembly housing, was a cast alumi-

num box, with removable top and bottom cover plates
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Fig. 349. Typical ac signal conditioning channel block diagram
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and gasket seals. Within the housing, all active circuit

components were mounted on ten plug-in printed cir-

cuit cards of which there were six ac conditioners, two

dc power supplies, and two transfer relay assemblies.

These cards were held in the sockets by retainer brackets

fastened to the top cover plate. A plate recessed in the

top face of the housing held 22 test points that permitted

monitoring the internal input and output voltages of the
conditioner cards.

The conditioner assembly measured approximately

9 in. long, 9 in. wide, 7 in. deep, and weighed approxi-
mately 7 lb.

2. LCE Electrical System

The LCE electrical system provided monitoring and

control of the spacecraft while it was on the launch pad,

and supported certain required prelaunch operations.

The monitoring functions included power and operat-

ing criteria not available through telemetry; the con-

trol functions included power changeover (external to
internal) and certain command functions. Prelaunch

operational support included verification of spacecraft

flight-ready status by both umbilical and RF monitoring.

3. Delivery and Evaluation

The bulk of the LCE was delivered to SAF in sub-

system component form. After complete assembly and

checkout using a spacecraft simulator, the LCE was con-

nected to the operational spacecraft and was used during
a dummy run operation that verified both the LCE and

the spacecraft for prelaunch testing. The LCE and space-

craft were subsequently shipped to Cape Kennedy where
the LCE was installed and checked out at the launch

complex.

Additional LCE (similarly checked out) was used in

support of other testing (e.g., vibration space chamber,

explosive safe area), and was housed in a dummy run
trailer.

Certain items required only at the Cape (such as

power supplies, adapter cables, J-boxes, test coordinator

consoles, remote control panels) were sent directly there

for installation and checkout, ahead of the majority of
the equipment.

Most LCE underwent in-process as well as final in-

spection at the component level. In addition, an inspec-

tion was made of the assembled consoles and dummy

run test setup to eliminate last minute inconsistencies

and poor workmanship. Operational difficulties were re-

ported as failure reports.

4. Special Equipment

The most critical item of special equipment used as

part of the LCE was the spacecraft simulator. The func-

tion of the spacecraft simulator was to test the launch

complex facility, including the LCE, the launch pad

equipment, the blockhouse installation areas, and the

umbilical connector interface on the spacecraft. It was

the electrical counterpart of the spacecraft, simplified to

make it a portable piece of test equipment; it could be

carried and operated by one man. The waterproof case

was 18 in. wide, 171/_ in. high, and 11 in. deep. Cables

stored in a compartment located in the lid brought

the total weight of the unit to 25 lb. Power voltage

sources were independently variable, a capability which

was nonexistent in either the spacecraft or other test

equipment.

A form of the air-half umbilical receptacle, which was

accessible under a hinged door in the case, was mounted

in the simulator. To facilitate mounting, the funnel hous-

ing was removed. Power connectors and test points were

provided under a door on the opposite side of the
simulator.

The catenary umbilical launch complex cable could be
connected to the simulator, and all OSE functions and

operations could be performed as if a spacecraft were

being tested. The simulator checked the operation of the

cabling and its wire conductivity, the umbilical-tower

J-box and amplifier, and the signal condition and opera-

tion of each of the OSE subsystems. Calibration adjust-

ments on equipment could be made from signal sources
within the simulator.

Other special equipment included: (1) isolation trans-

former assemblies, which were designed to isolate the

individual OSE subsystems from each other as well as

from line noise; and (2) line regulators with noise filters,

which were designed for such areas as the umbilical

tower to minimize the effects of surge transients and

noise on the signal conditioning equipment located in
that area.

5. Problems and Limitations

A major problem involved in the design of the LCE

was the coordination of inputs from a great variety of

sources. The unique configuration of the spacecraft sys-

tem resulted in the final spacecraft configuration (and
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subsequently the final LCE configuration) being deter-

mined only just before the LCE was needed to support

the spacecraft tests.

With the activation of LC 13 for spacecraft use, con-

sideration was given to improving the design of the cable

link between the spacecraft and the first JPL equipment

interface (umbilical-tower J-box). Although the total

cable length between the spacecraft and the umbilical

tower J-box was increased from 50 to approximately

87 ft by the new routing of these cables, several advan-

tages were realized and most of the disadvantages were

eliminated by a change in individual cable design. The

original LC 12 installation required the use of a special

cable retractor that pulled the 50-ft catenary (boom)

cables clear of the retracting boom during launch. The

advantages gained were: (1) a minimum cable length

(50 ft) and (2) an installation using the fewest interfaces.

The new installation used 75-ft cables permanently

routed down the boom (although still replaceable). The

added length and extra boom plate interface was com-

pensated for by designing the cables with adequate low-

resistance lines for external power and charging functions

(no splices), and by including special low-capacitance

wiring for critical functions. The remaining link to the

spacecraft consisted of a catenary cable approximately

12 ft long, which incorporated all special program re-

quirements between the spacecraft and the boom plate.

The requirement for extensive signal conditioning and

amplification of spacecraft signals, and the relatively

severe environmental penalties imposed by the umbilical-

tower location of the JPL umbilical-tower J-box resulted

in a requirement for extensive expansion of the video

pair installation at each complex. Six video pair lines

were permanently installed between the umbilical tower

(JPL J-box area) and the launch pad OSE area (launch-

pad-building launch-control shelter in LC 12 and launch

pad building first stage vehicle room in LC 13). Also,

six lines were installed between the launch complex

OSE area and the launch pad building on each com-

plex, where connection could be made to existing termi-

nations of the permanently installed video pair lines

routed through the complexes.

In addition to the remote control of JPL-supplied

400-cps generators (as formerly provided for the Mariner

Venus 1962 Project on LC 12), additional remote control

of 60-cps power was provided to support the JPL equip-
ment located on the umbilical tower and in the launch

pad OSE. The control panels for these circuits were
located in each blockhouse.

E. Mechanical Support Equipment

1. Ground Handling Equipment

The spacecraft ground handling equipment was used

during the spacecraft assembly, testing, and handling

phases of the program. Because of the nature of the

spacecraft design, the ground-handling equipment was

highly integrated and optimized on Mariner Mars 1964.

Experience gained on previous spacecraft programs was

applied to the ground-handling equipment design to

achieve a system that would maximize operational sim-

plicity and allow safe access to the spacecraft compo-

nents during all phases of the operations. Special atten-

tion was paid to the height of spacecraft equipment. The

need for climbing above or crawling under the spacecraft

was reduced if not entirely eliminated.

The attention to similar details in the ground handling

equipment area significantly contributed to the speed,

ease, and safety with which the spacecraft assembly, test-

ing, and handling operations were accomplished.

The following characteristics were considered in the

design of the mechanical ground handling equipment:

1. The spacecraft structure relied on the ground han-

dling equipment to provide stiff structural support

during ground tests. This stiffness was necessary to
maintain the structural alignments and to eliminate

unnecessary movement when the spacecraft was at

rest during electrical tests.

2. The equipment had to be designed to allow person-
nel to work with and around it safely and efficiently.

To eliminate any personnel or equipment hazards

as a result of handling-equipment failures, all the

equipment was designed with a safety factor of 5

or greater on ultimate strength, or 3.75 based on

yield strength, whichever was greater. In addition,

a hazard safety factor of 2 g was applied to these

safety factors for all equipment subjected to dy-
namic loads.

3. The equipment was composed of as few parts as

possible. Since floor space was at a premium, the

equipment was designed to perform multiple func-

tions. The hardware had to be capable of easy com-

pliance with spacecraft changes and improvements.

4. All handling equipment that might be in the vicin-

ity of the spacecraft had to be capable of being kept
clean to prevent contaminating the spacecraft.

5. The hardware had to be made quickly and inex-

pensively. Development efforts were lninimized and
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the best available commercial parts were used 
whenever possible. 

The ground handling equipment designed and built 
for illariner consisted of a universal support ring, space- 
craft positioner, dolly, universal ring spacer, transport 
trailer, hoisting equipment, shipping container and cov- 
ers, and a purging-control assembly. 

a. Universal support ring. The universal support ring 
(Fig. 350) consisted of a machined ring forging approxi- 
mately 5 ft in diameter and 12 in. high. This unit sup- 
ported the spacecraft octagon in approximately the same 
manner when it was being moved as when it was mated 
to the booster adapter. The center portion of the U-ring 
was open to allow access to the spacecraft. The space- 
craft rested on eight points on the stable U-ring that 

Fig. 350. Universal support ring and hoisting equipment 

were used to restrain the spacecraft base plane and shear 
lips dimensionally. The spacecraft was mated to the 
U-ring during most of the tests and operations. 

The universal ring incorporated the following features: 

1. A cable that clamped shoes over the spacecraft- 
U-ring feet. The cable was tensioned by a turn- 
buckle. The shoes were mounted to the U-ring by 
a spring-loaded member, which released the shoes 
when the cable tension was relaxed. 

2. Four lifting eyes for the attachment of hoisting 

3. Two sponge-rubber pad surfaces: one for sealing 
the upper shipping-container can, and the other for 
sealing the lower shipping-cover diaphragm. The 
sealing surfaces were located inboard of the hoist- 
ing eyes. This allowed the spacecraft to be hoisted 
while in an encapsulated condition. 

4. A purging access fitting was provided between the 
two container sealing surfaces to allow the nitrogen 
purging hoses to be connected when the shipping 
cover was in place. 

5. Tapped holes were provided on the inside surface 
of the ring for mounting science-equipment test 
hardware used during spacecraft electrical tests. 

6. Three sockets, spaced 120 deg apart, were provided 
for the installation of two different sets of support 
legs. One set, approximately 2 f t  long, was used 
when working access to the base of the spacecraft 
was required and the spacecraft positioner was un- 
available. The other set of legs, about 3 in. long, 
was used to attach the U-ring to the spacer, dolly. 
or transport trailer. 

7 .  Four mounting brackets were pro\ided on the out- 
board side of the U-ring for attaching it to the 
spacecraft positioner . 

cables. 

b. Spacecraft positioner. The positioner consisted of a 
steel base frame and the necessary power, control, and 
dri\.e hardware for tilting and turning the spacecraft. 
The positioner weighed 5000 Ib and was used for the 
s)ateni-te$t operations and to orient the spacecraft in 
the most desirable equipment-access position. The tilting 
asis was capable of placing the spacecraft at a conve- 
nient working height at any roll-axis position between 
the vertical and the horizontal. Figure 3.51 shows the 
spacecraft on the positioner in a near-horizontal attitude. 
The rotational drive was capable of turning the space- 
craft 350 deg about the roll axis. The U-ring \vas bolted 
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Fig. 351. Spacecraft attitude on positioner 

to the turntnl~lc~ ring, n~liich \vxi open to ;illow c~c~~iipinent 
access. As mnny a s  six trdinicians could work on tlie 
spacecraft at the saiiie tiinc without interfcring with 
each other. 

c. Dolby. The dolly consisted of a circiilar chaniiol, 
almut 5 ft in tliainetcr, to \vliich the t l i r c~  U-ring s u p  
port legs attnclicd. Four s\vivclcd casters \vwc bolted to 
thc bottom of thc dolly; each dolly caster was equipped 
\\Tit11 a 1)rake. The tlolly was u s c d  for iiio\.ing the s p i c ~  
craft ahout any shop area. The flight iidaptc’r and its 
ground handling support ring could also bcx mountcd to 
the dolly. 

(1. Spacer. A triangular spicer w a s  h i l t  to raise the 
spacecriift, when i t  \viis mounted 011 thc dolly, to xi 

optinium working licight. It att‘iched to the dolly or 
trailer in thc  S;II I~C i n a i i i i [ ~  thc U-ring did. 

e.  Trrrnsport trailers. Thc~ transport trailer was uscd 
for intcrshop or iiitcmrea spacecraft transport. The, flight 
sp;icecrnft w c w  iiioriiitcd on tlicse trailcm \vhen the!. 
were sliippcd in elcctronics vans (Fig. 352). Thc flight 
ad apt c r , (, 11 ea p s 11 In  t cd spacecraft , a II d s 11 r o ti d \v e r e 
moiiiitcd on thc transport trailers and towcd to tlic pad 
b y  picktip truck. Tlicb triiilcw \ w r ( ~  constriictcd of aliimi- 
i i i i i i i  frsinc c o \ ~ r c d  with ;in alriiiiitiuiii flooring. Tlic 
\vIiccl Ixisc. was 87 in.  Iintl a trc$atl \vitltli of 71 in .  and 
had ;i road c1caritnc.e of only 7 in. The triiilrr \vas high 
cm)ugli to clear tlict r a t l i p  \vlioti i t  \viis loxled in the sh ip  
ping van, h i t  low cwoiigh to allow tlw spacc%craft to 
loaclctl into l o w o w h i d  c1c:irnnce vans ant1 to pro\,itI(* 
;icccw to thcl spacecraft during the final iisseln1)ly and 
shroud mating operations. 

Fig. 352. Spacecraft mounted on transport trailer for 
shipment 

f .  110 is t ing e q I I  iprn e n t . Tli e hoisting CCJ ui p in e n t 
(Fig. 350) consistcd of a flc~sililc~ spre;idcr frame> that held 
four cables out froin tlic lifting hook. Four casily reinov- 
nl,l(, cal)lc~s \vc)rc attnclicd to the s p ~ ; ~ d c ~ r  friitii~. Thc 
f1csil)lc~ fraiiic ciisiird constant tension in each of tlie four 
1ifLiiig cal)lc~s. Late in the program, a plastic slicet \vas 
tiiountcd to the frmiic to catch any debris that niight fall 
froin thc Iioist drivc or trollcy system. Occasioiially. lw- 
caiisc~ of short crane hciglits, a set of sp>cial, short hoist 
cnlilcs I i x l  to I)c used to lif t  the spacccixft. 
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the inner base of the U-ring. A seal was provided by a 
rubber gasket. 

The perforated cylinder was mounted over the space- 
craft. It bolted to a flange on the U-ring and was per- 
forated to allow the spacecraft-cylinder clearances to be 
viewed as the cylinder was lowered. It also kept the 
shipping bag from touching the spacecraft. It was used 
w7hen the spacecraft was shipped with the solar panels 
and low-gain antenna removed. Shipping van internal 
heights did not permit the spacecraft to be shipped com- 
pletely assembled. Lifting hooks were provided at the 
base to allow the cylinder and shipping ccwer to be 
easily lifted. 

The perforated cylinder extension was also constructed 
of perforated aluminum. It was bolted to the top of the 
perforated cylinder, and afforded protection to the com- 
pletely assembled spacecraft. 

The top cover diaphragm bolted to either the perfo- 
rated cylinder, if the spacecraft was shipped by van, or 
to the cylinder extension, if the complete spacecraft was 
moved or stored. It was fabricated from aluminum and 
protected the top of the spacecraft. It also supported the 
shipping bag, and acted as a baffle when purging gas 
was introduced through the top. 

The shipping bag was fabricated from thick translucent 
vinyl plastic, and fit over the perforated cylinder and 
cylinder extension. \[-hen the spacecraft was shipped in 
a van and the extension removed, the excesy bag material 
was gathered and taped to the top diaphragm. A purging 
opening was pro\-ided at  the top of the bag. The bag 
was sealed a t  the base against a rubber gasket around 
the U-ring and was squeezed against the seal by a 
tension band. 

h. Purging-control assembly. A special purging-control 
assembly was used to purge the spacecraft when it was 
either under the shipping bag or flight shroud. The piirg- 
ing assembly accepted high-pressure nitrogen gas and 
contained a filter, a pressure regulator. a \salve. a flow 
meter that could read flow rates between 2 and 
200 ft’/min, a humidity indicator. and an outlet preqsure 
gauge that measured pressure in the \pacecraft ca\ it!.. 

2. Magnetometer Xlapping Fixture 

The \lapetoineter test fixture \vas used to support tlic 
complete spacecraft, less solar panels, when the space- 
craft magnetic field was mapped. It was a massil-e device 

Fig. 353. Magnetometer mapping fixture 

(Fig. 353) to accommodate rotation of the complete 
spacecraft around the flight Ilagnetometer location and 
transverse movement under a test magnetometer probe. 
The test fixture was fabricated from lightweight, non- 
magnetic aluniinum. 

a.  Design description. The Magnetometer test probe 
support consisted of a 20-ft-high by 20-ft-wide stiff tri- 
pod assembly, which accurately located the test probe at 
the flight Magnetometer sensor location. It was fabri- 
cated from large-diameter thin-wall aluminum tubing. 
-1 horizontal test fisture contained a turntable capable 
of rotating the spacecraft about an axis though the 
probe and normal to the ground. Since the magnetome- 
ter sensor was located near tlie top of the spacecraft, this 
turntable \vas necessarily large to meet the rotation cri- 
teria. The test fixture was fabricated from aluminum 
I-beams and channels. .4 vertical turntable was mounted 
on the horizontal turntable. The spacecraft was 
inounited to the vertical turntable by the U-ring. The 
rotational axis w a s  displaced from the spacecraft roll 
axis to allo\v the spicecraft to be rotated about an axis 
through the sensor probe and parallel to tlie ground. The 
twtical turntable was gimballed to allow the spacecraft 
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to be mated in the normal attitude. Seventy feet of track

was provided, which allowed the horizontal turntable

and spacecraft to be translated under the probe sensor.

b. Design _eatures. The fixture allowed the spacecraft

to be rotated and displaced about any axis through the

magnetometer sensor. The structure was light enough

that all operations could be done manually. It was port-

able enough that it could be assembled or disassembled

within a day and stowed in two large moving vans.

This lightweight rigid structure was achieved through

the use of aircraft jig practice backed up by conserva-

tive stress analysis. The total deflections were less than

0.125 in., and the displacements were repeatable to with-

in 0.010 in.
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XX. ENVIRONMENTAL AND LIFE TESTS

The information presented in this section covers the

environmental type-approval, flight-acceptance, and

special developmental tests performed at both the system

and subsystem levels. The information presented is

sketchy compared to the wealth of data available from

the 30 to 40 full-scale tests and some 1675 subsystem
tests. A short discussion about an individual test in this

section represents the condensation of a detailed test

report averaging 200 to 300 pages long.

Any adequate discussion of the environmental testing
program requires the inclusion of failure informatiorL
The fact that these tests could uncover weaknesses in

both the design and fabrication of the equipment, so

that these weaknesses could be, in most cases, eliminated

or reduced prior to flight, indicates that the test pro-

gram performed a vital function and contributed signifi-
cantly to the success of the mission.

The report is necessarily critical of the complete test

program, the object being to uncover faults and weak-

nesses in its planning, reporting, and implementation. It
is not intended to detract from the success of the under-

taking; it is intended to present an assessment of the

adequacy of the environmental test program and to point

toward the obvious steps that would benefit future space-
craft programs.

Spanning more than 2 years of spacecraft develop-

ment, the testing program represents a significant stride

in the Laboratory's progress in spacecraft development.

Experience was acquired in the use of the type-approval

test to detect potentially damaging problems. Unlike

Mariner Venus 1962, the Mariner Mars 1964 program

was geared to the type-approval test. Analyses of the
problems uncovered and the success of Mariner IV indi-

cate the soundness of this philosophy. A summary of the

system-level environmental test program problems and
innovations is shown in Table 65.

The environmental test program was established by a

Project Office requirement for flight acceptance testing

of all PTM, flight, and spare spacecraft equipment, and

type-approval testing of one complete set of prototype

spacecraft equipment. All equipment was required to

pass the tests before being considered acceptable for

flight. Establishment of the criteria for acceptance in

these test programs was the responsibility of the Space-

Table 65. System-level environmental test problems
and innovations

Pmbbm

Interface problems resolved through system environ-

mental tests

Piece-part changes that should have been detected at

assembly level

Failures in strudure or piece-parts that could only be

detected at system level

Changes indicating need for closer monitoring of

major systems

Test

TA FA

3 3

1 2

3 1

1 2

craft System Manager. The TA and FA tests, with sepa-

rate and distinct functions, are considered to be the

principal and formal test program of the Mariner Mars

1964 Project. The type approval environmental tests

were intended to verify designs. They were intentionally

severe to compensate for material and fabrication differ-

ences in flight hardware. The flight acceptance environ-
mental tests were intended to be as severe as the

expected flight conditions and to define certification of

readiness for flight. It was assumed that when a proto-

type survived the TA testing, the flight hardware, which

was constructed to the same design, would be capable

of performing its mission.

In general, assembly TA testing provided qualifica-

tion against environments that were independent of the

spacecraft, such as humidity, static acceleration, and ex-

plosive atmosphere. However, the assembly and system

designs required further qualification against such

spacecraft interacted environments as shock, vibration,

thermal-vacuum conditions, and environmental RF radi-

ation. In the selection of these tests, emphasis was placed

on environmental interactions rather than on perfor-

mance interactions. Protection against performance inter-

actions was provided by the assembly-level performance

test, in which the assembly was monitored against speci-

fication requirements, and by assembly and subassembly

margin testing. In addition to providing design qualifica-

tion, the PTM tests (and assorted system-level mockup

tests) provided environmental data to increase the con-

fidence in the adequacy of assembly-level tests and to

identify deficiencies.
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The assembly-level FA tests were limited to two envi-

ronments in which equipment operation could be evalu-
ated and that could be simulated in a well controlled

manner. Passage of the FA tests demonstrated the ability

of the equipment to perform satisfactorily in these se-

lected environments at levels at least as severe as flight.

This information together with the performance tests and

inspection results provided implieit evidence that the FA

equipment was similar to the TA equipment and thus

capable of performing in all environments.

In accordance with the project policies and require-

ments, environmental requirements in the form of system

and subsystem general specifications for TA and FA

tests were established at an early date in the program.

Each cognizant hardware division then performed its

testing in accordance with a specific environmental test

specification and in a manner consistent with the intent

of the general environmental speeifieation and the appro-

priateness for each item. This approved test specification

or a waiver was required prior to the performance of any

formal environmental test. The complete test program
covered such wide and diverse environments as vibra-

tion, shock, EMI, temperature cycling and extremes, hu-

midity, explosive atmosphere and magnetic field effects.

Emphasis is placed on deficient environmental tests,

problems, failure trends, and oversights. The inclusion
of failure information in this document is indicative of

the adequacy of the environmental testing program.
Wherever possible, the relation between a failure and

an environmental test is pointed out. However, when

viewed in relation to the scope of the total program,

these data represent a high quality of performance for

both the hardware and the test operations.

The limited number of problems encountered during

spacecraft flight acceptance testing and the successful
launch and mideourse maneuver of Mariner IV attest to

the adequacy of the systemqevel TA and subsystem-level

TA and FA testing. A total of 83 design changes was
docnmented as a result of assembly-level tests. Of these,

39 originated at the TA level, 14 at the FA level, and

30 during other environmental tests. The majority of the

changes institnted during FA-level testing were due to

schedule slips, which necessitated nmning FA tests prior
to or concurrently with TA tests. On an ideal schedule,
the TA testing would have demonstrated the need for the

design change before flight hardware was fabricated.

A performance comparison between subsystem TA and
FA vibration tests in the two most critical environments

(vibration and thermal-vacuum) is given in Table 66.

Table 66. Assembly-level vibration vs thermal-vacuum

performance

Environment

Thermal-vacuumVibration
Test

No. of Failure
Pass Fail

tests rate, %

TA 244 214 30 12.3

FA 538 512 26 4.8

No. of Failure
Pass Fall

tests rate,%

Overall

failure

rate,%

95 76 19 20.0 14.5

310 282 28 9.0 6.3

The fact that the overall subsystem FA failure rate was
less than one half the failure rate of the more severe TA

environment points out the effectiveness of the TA test-

ing and its ability to uncover flaws or the need for design

changes or improvements.

The failure rate on the flight configuration subsystems
was less than 3,"/, after deleting failures of parts that

were eliminated by retrofit or the incorporation of engi-

neering change requests. This would have been the

expected failure rate if TA testing had been completed

prior to the start of the FA testing. It is also noted that

preaeeeptanee sereening was effective in reducing part
failures.

The environmental test program definitely effected an

improvement in the design and quality of the equipment

flown. The trend of improvement between TA and FA

testing is evidenced by the reduction in failure rate

shown in Table 66. The improvement in equipment qual-

ity can more readily be seen by comparison of the num-

ber of failures encountered in subsystem testing with

those encountered in system testing. (Over half of the

assemblies tested were later subjected to FA system-level

enviromnental tests.) The improvement is even more

striking when it is realized that only three of the 16 fail-

ures in system-level tests appear to have been amenable

to detection at the assembly level. The remainder were

associated with environmental interactions or ancillary

equipment unsuitable for assembly tests.

In the area of magnetics control, the limitations of a

tight schedule and the use of hardware developed in

previous spacecraft programs, such as Ranger and

Mari)_er Venus 1962, made it impractical to substitute

nonmagnetic items for the reliability of the tested and

tried hardware. Since magnetics control efforts were

rather new, there was a period of evolution and develop-

ment, and a firm program was not established with suffi-

cient lead time to achieve optimum results. Significant
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strides have been made in the field of magnetics control,

however, and a great deal of knowledge and experience

has been acquired. Specifically,

1. Particular magnetic problem areas were identified

2. A materials study was conducted to categorize 147

spacecraft materials into the classifications of mag-

netic, nonmagnetic, and borderline materials

3. Magnetic shielding materials and techniques were

investigated for several particular applications

4. Demagnetization of solar panels was successfully

conducted and a limited study of this technique
made

The importance of completing TA environmental test-

ing early in a project cannot be overemphasized. Accom-

plishing required design revisions prior to FA testing saves

expensive retrofit and retesting, and allows increased

enviromnental exposure of flight hardware. Design

changes originating as a result of FA test problems

sometimes paralleled identical problems arising in a

concurrent TA test. This occurred, for example, in the
DAS and in the Cosmic Dust Detector.

During the TA testing program for subsystems, no

failures were experienced in the following tests:

1. Bench handling

2. Transportation vibration

3. Static acceleration

4. Package drop

5. Explosive atmosphere

Each of these tests will be reviewed on future programs

with a view to deleting them or to limiting them to spe-

cific hardware items whose testing may be expected to
yield meaningful results. Elimination of these tests could

permit more time and care to be devoted to the test

areas that have demonstrated a failure pattern.

There were no subsystem humidity test failures after

the maximum humidity was reduced from 95 to 75% by

an amendment to the general specification. However,

some of the original failures might have occurred at the
lower humidity levels, since the failed modules had de-

fective conformal coating. It appears desirable, therefore,

to retain this test for future programs, since it has shown

the capacity to sort out design weaknesses and work-

manship defects. Some thought, however, should be

given to the use of a modified humidity test for flight

acceptance.

The Mariner Mars 1964 spacecraft equipment was

subjected to an orderly and conservative environmental

test program. Clearly defined general testing require-

ments enabled attention to be focused on potentially

damaging problems, and contributed to the timely

accomplishment of the test program. Satisfactory com-

pletion of the testing activity permitted Project Office

management to approach the launch with confidence in

the environmental integrity of the spacecraft.

From the data accumulated in this program, a num-

ber of conclusions (or observations) can be drawn:

1. Many categories (or types) of the TA environmental

tests caused no failures. This provided a strong im-

plication that if a unit passed certain key environ-

mental tests, it would pass all tests. Complex wave

vibration and thermal-vacuum were the key tests.
It is reasonable to assume that a minimum TA envi-

ronmental test program for Mariner could have

deleted all the handling environments, explosive

atmosphere, and static acceleration tests and still

have produced quality hardware, provided opera-

tional restraints such as shipping containers and

conformal coating were substituted. Dropping all
tests but thermal-vacuum and vibration is not advo-

cated; however, it is suggested that by purposefully

structuring key tests and acknowledging operational
constraints, it seems reasonable to discontinue less

productive tests.

2. The shock test resulted in three failures, all of

which were latching relay malfunctions. (There

were no relay malfunctions during vibration.) Al-

though this represented a small failure rate, it indi-

cated possible fragility of latching relays in a shock

environment. Although the mechanism of failure

was not fully understood, it appeared to be related

to workmanship. Lengthy tests were run on a large

number of samples to determine if the relays con-

tinually degraded with repetitive shocks; a few

failed initially, but it was not until about the forty-

fifth test that consistent failures occurred, at which

time the entire sampling began to show degradation.

3. Of the 55 FA test failures, 14 resulted in redesign.

Ten of these 14 tests had not been preceded by TA

testing. Four failures were identical on each of the

4 flight units of one subsystem. The nature of

the failure was very subtle, and it was felt that the

same anomaly should have been seen during the TA
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testing. Discounting these 4 FA failures, all 10 of
the FA environmental test failures that resulted in

redesign had one thing in common: TA testing had

not yet occurred.

Vacuum tubes (specifically photomultiplier and

vidicon) represented a vulnerable vibration soft-

spot. Neither of the final Mariner fixes (ruggediz-

ing in one application, isolating in the other) would

have been difficult in the initial design, had every

vacuum tube application been viewed from the very

outset as a vibration problem amenable to solution.

The 13 workmanship errors detected during TA

environmental testing indicate the need for a pre-

type-approval test.

The failures detected during system level environ-

mental testing illustrate certain unavoidable defi-

ciencies in the assembly-level testing: some units

(such as spacecraft cabling) are not amenable to

assembly-level tests; subsystem environmental inter-

actions cannot be simulated nor controlled; and

degradations can occur between assembly-level

flight acceptance and final incorporation into a

spacecraft. System-level testing is the only solution

for such problems.

A. System-level Environmental Tests

The philosophy used to establish the Mariner Mars

1964 environmental test requirements was that the sys-

tem configuration provide the only true mechanical,

thermal, and electrical environment and interactions for

the various spacecraft equipment. Due to the state-of-

the-art in estimating the effects of various inputs on a

highly complex system such as Mariner, and in order to

ascertain subsystem influences and, thus, to fortify

assembly-level test requirements, there was an unavoid-

able requirement for an early system test. In general, the
static environments, such as thermal soak and linear

acceleration, were independent of assembly-level testing

and could be readily achieved on the subsystem level.

However, the dynamic environments (such as vibration,

thermal-vacuum, and RFI-produced environmental inter-

actions) were quite dependent upon the response charac-

teristics of the total vehicle, and were, therefore, best

achieved at the system level.

The system-level test requirements for Mariner were

based on the established JPL policy of setting flight-

acceptance test levels at the 95-percentile values of the

flight environment, and the type-approval tests at a more

severe level (in excess of the 99-percentile value), so that

definition of the environment was possible. For example,

the FA vibration spectra were established from Ranger

data by generously enveloping the 95-percentile level in

50-cps bands. Test duration was set equal to the time
that the wideband vibration level was within 10 db of

the maximum. Such a test obviously involves a more

severe environment than would be encountered on any

one flight; however, experience has indicated that there

is usually one peak in the power spectral density from a

flight measurement that is within 3 db of the test level
constructed in this manner. A detailed discussion of the

method of estimating the expected launch dynamic envi-

ronment is reported in Ref. 34.

Type-approval testing at the system level was per-
formed on the PTM. The program consisted of full-scale

vibration, shock, acoustic, space-simulation and thermal-

vacuum, and EMI tests. Flight-acceptance testing was

performed on each of the flight-quality spacecraft

(MC-2, MC-3, and MC-4) for such environments as vi-

bration, thermal-vacuum, and EMI.

Magnetics evaluation was not performed at the system

level. Procedures were developed, however, for mapping

the spacecraft with the solar panels removed and for

mapping the individual solar panels. The information

gained in these mappings was used primarily in inter-

preting the data furnished by the flight magnetometer

and not to satisfy an environmental requirement. Some

attempt was made to estimate the total spacecraft field
from the fields of the various assemblies and to correlate

this resultant field with the results of the mappings de-

scribed above. It is expected that requirements for future

magnetometer-carrying spacecraft will contain restraints

for magnetics evaluation on the system level as well as

on the assembly or subassembly level.

1. System-level TA Testing

The purpose of the system-level TA environmental

testing (demonstrating design adequacy of the vehicle in

its most representative test configuration) was logically

achieved by evaluating the expected environment and

then prescribing tests that were a practical compromise
between realism and economy. The qualification tests

proved the design adequacy, and demonstrated (with a

margin) a minimum level of equipment capability. To

compensate for the statistical limitations of the small

number of samples, and to provide insurance in the

location of faults and inadequacies, the imposed test con-

ditions were, by selection, more severe than the opera-
tional conditions. They were not, however, intended to

be so severe as to exceed reasonable safety limits or

to excite unrealistic failure modes. The system-level test

requirements for Mariner are given in Table 67.
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Table67. System-levelenvironmentaltestrequirements

Test TA level FA level

Space Simulator

Part h System validation for launch

through encounter and playback

Pert Ih Temperature control verification

Sinusoidal vibration

Noise vibration

Torsional vibration

Acoustic

Shock

Electromagnetic interference

(RF susceptibility)

10 days at 10 4 mm Hg (or less)

108 hr at 30 to 134 w

Simulated solar intensity

Roll axis

$ to 15 cps, 1.5 grms for 1.6 rain

15 to 450 cps, 1.5 grms for 4.8 rain

450 to 800 cps, 5.0 g rms for 0.8 rain

800 to 2000 cps, 10.0 g rms for 1.3 rain

Reverse sweep (from 2000 to 5 cps)

Three lateral axes

$ to 150 cps, 0.75 grms for 4.9 rain

150 to 450 cps, 1.25 grms for !.5 rain

450 to 800 cps, 5.00 grms for 0.8 rain

800 to 2000 cps, 10.00 grms for 1.3 mln

Reverse sweep (from 2000 to 5 cps)

Roll axis and three lateral axes

Shaped spectra, 18.1 g rms overall

550 to 2000 cps, 0.2 gZ/cps for 3.0 rain

3 db/ectave roll-off below 550 cps

Two 69 cps pulses, 205 red/sac _ for 0.14 sac

20 to 150to 20 cps, 12.86 red/sac 2 for 6.0 rain

50 to 150 to 50 cps, 154 red/see 2 for 11.0 rain

Approximately 142 db shaped spectrum for 90 sec

Shroud V-band release firing

Spacecraft separation and V-band release firing

All spacecraft pyrotechnics fired

Launch complex RF

Agena telemetry RF

C-band beacon

250 hr at 10-: mm Hg (or less)

134 hr at 30 to 134 w

Simulated solar intensity

Roll axis

20 to 200 to 20 cps, 0.5 g rms for 31,_ rain

Two lateral axes

20 to 200 to 20 cps, 0.5 grms for 31_ rain per axis

Not Applicable

Roll axis and two lateral axes

Shaped spectra, 10.7 grms overall

550 to 2000 cps, 0.07 gZ/cps for 1.0 rain

3 db/octave roU-off below 550 cps

Not Applicable

All spacecraft pyrotechnics fired

Launch complex RF

Agena telemetry RF

C-band beacon

a. Dgnamic tests. The objective of the dynamic test-

hag was to demonstrate the integrity of the spacecraft

for the deleterious effects of the launch dynamic envi-
ronment. An attempt was made to follow a consistent

instrumentation schedule throughout the series of dy-
namic tests.

Vibration tests. The PTM was subjected to sinusoidal

vibration excitation along its roll axis Z, and along each

of three lateral axes, X, XY Bay II, and XY Bay VIII, at

frequencies between 5 and 2000 cps for a total of about

17 min per axis (Fig. 354). The selection of three specific
lateral axes was based on an assessment of the critical

geometric orientations of spacecraft internal components
to ensure excitation of these elements in their maximum

response modes. The test levels are shown in Table 68.

Table 68. Vibration test levels

Frequency

cps

5to15

15 to 150

150 to 450

450to 800

800 to 2000

Frequency

sweep time
rain

1.6 1.5

3.5 1.5

4.8 1.5

0.8 5.0

1.3 10.0

Acceleration

amplitude, grms

Roll axis LslhPro| axes

0.75

0.75

1.25

5.0

10.0

The frequency sweep rate for sinusoidal vibration tests

was I rain per octave.

453



JPL TECHNICAL REPORT NO. 32-740 

-40 

-50 

Fig. 354. PTM subjected to lateral vibration testing 
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Following each period of sinusoidal excitation, the 
spacecraft was subjected to random noise vibration for 
3 min per axis. The test, which consisted of a pro- 
grammed sequence of bandlimited Gaussian noise, was 
executed by means of a magnetic tape recording. Type- 
approval and FA noise spectra are illustrated in Fig. 355. 
Some 39 data points were monitored during the series of 
vibration tests. As evidence of testing adequacy, Fig. 356 

through 358 present the input control and a response 
measurement from a typical test. 

After completion of linear sinusoidal and random 
vibration, the spacecraft was subjected to a torsional 
sweep sine wave excitation and a transient sine wave 

Fig. 356. 

- 

PTM torsion test setup before installation of 
spacecraft adapter 
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Fig. 357. PTM swept torsional spectrum 
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Fig. 358. Typical input spectrum, PTM roll axis noise test

pulse input about its roll axis, in accordance with the
schedule shown in Table 69. These tests were intended

to demonstrate integrity for the staging torsional tran-

sients and to determine the torsional impedance of the

vehicle (Fig. 359 and 360).

Due to some problems encountered in the first series

of PTM tests, and in order to demonstrate a high level of

confidence that the flight vehicles were unaffected by

testing anomalies experienced during their FA tests, a

retest was scheduled. However, due to test facility and

Table 69. Roll axis sine-wave inputs

Frequency,

cps

69

20 to 150 to 20

Frequency

sweep time

0.14 sec

3.0 rain

50 to 150

150 to 50

69

5.5 sec

5.5 sec

0.14 sec

Angular
acceleration

rad/sec=

205

12.86

154

154

2O5

Remarks

Amplitude

modulated tone

Torsional sweep

Rolled-off

spectrum--

6 db/octave

Rolled-off

spectrum--

6 db/octave

Amplitude

modulated tone

w
cL

cu

0

0
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0
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Fig. 359. Typical response spectra, spacecraft flight
transducer to PTM roll axis noise test
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Fig. 360. Spectra ratio, response of spacecraft flight

transducer to PTM roll axis noise spectrum

scheduling problems, only a limited portion of the over-

all test objectives was realized.

A failure of the planetary scan subsystem platform

cover occurred during noise vibration of the PTM in the
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Bay VIII XY axis. This failure was due to improper
installation of the threaded inserts in the honeycomb

plate and to understrength rod-end supports. These fail-

ures were corrected by improved quality control during

fabrication of the honeycomb plate and by a structural

strengthening of the mounting studs.

The Canopus sensor also experienced failure as a

result of these tests, partly due to the improper use of
the thermal/electrical isolation stand-off washers in the

buildup but largely due to a design inadequacy. Never-

theless, the prototype spacecraft satisfactorily withstood

the imposed vibration environments.

Shock tests. Shock testing of the PTM was performed

in order to verify the integrity of the spacecraft for the

environment produced by the firing of pyrotechnic de-

vices and V-bands onboard the spacecraft. The follow-

ing tests were performed:

1. Shroud V-band release

2. Spacecraft V-band release

3. Spacecraft solar panel release

4. Spacecraft science platform release

The spacecraft was maintained in the launch con-

figuration for these tests. Pyrotechnics were fired in

chronological order corresponding to the sequence en-

countered in flight.

The PTM was not affected by shock. The most severe

shocks occurred during the spacecraft V-band release.

A maximum response of 160 g (peak) at the spacecraft

flight position accelerometer was measured. Some re-

sponses on the spacecraft feet were higher than 160 g

(peak); however, these did not have direct correlation

with spacecraft components and were not unexpected

because of the proximity of the V-band. Low-frequency

ring-out due to the release of the stored energy in the de-

formed structure associated with the V-band tensioning
was also detected.

Each principal subsystem in the spacecraft was tested

to the TA specification on the shock table, which is

shown in Fig. 361. Although subsystem responses due

to this input were not monitored, the following method
was used to correlate test levels and the actual PTM

pyrotechnic firings.

Assuming a subsystem to have a critical damping ratio

of 0.025 (Q = 20), a conservative estimate of its response
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Fig. 361. Type approval shock table input
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Fig. 362. Shock spectrum of type approval transient

to the TA shock would be approximately 1.5 times the

input magnitude, and a maximum shock spectrum mag-

nitude of 580 g (peak) would occur (Fig. 362). This shock

spectrum was then compared with shock spectra from

the pyrotechnic shock test. The pyrotechnic shock spec-

trum for a typical assembly (attitude control electronics)

was shown to be conservatively enveloped by the TA

shock spectrum upon examination of the relative differ-

ences in magnitudes (Fig. 363).

Acoustic test. The PTM spacecraft was exposed to
90 sec of reverberant-field wide-band Gaussian acoustic

noise shaped to conform to the spectrum shown in

Fig. 364. During the test, a 0.3-amp fuse in the CC&S
failed. This failure was attributed to a turn-on power

overshoot in the CC&S transformer. No other anomalies

were noted. The acoustic tests confirmed the capability

of the vehicle to survive the expected environment asso-

ciated with the launch phase.
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Fig. 363. Typical shack spectrum, X-direction accelerameter, PTM V-band firing

b. Space simulator/thermal..vacuum tests. To demon-

strate the integrity of the Mariner vehicle for the unique

space vacuum environment, tests were performed at the

system level on the PTM and on each flight-quality
spacecraft.

were made at the conclusion of the test in order to opti-

mize flight temperatures. The long period of satisfactory

operation in this extreme environment increased confi-

dence in the Mariner capability to function as designed

in the space environment.

The PTM was tested in the JPL 25-ft space simulator

to simulated launch-pressure profiles and specific ther-

mal environments associated with the various flight

modes (launch, midcourse maneuver, cruise, and encoun-

ter) for approximately 250 hours. These tests demon-

strated adequate design of the spacecraft for the thermal

environment, and all the components aboard the space-

craft operated within the allowable temperature limits.

Some minor changes to the thermal shield configuration

The space simulator test began in March 1964. During

the test, the steady-state values of chamber temperature

and pressure were -270 ±5*F and 10 -G mm Hg, respec-

tively. The test was successful in spite of some minor

problems. The spacecraft was operated for approximately

250 hours. The equipment that had been previously tested

and was operating before the space-simulator test, per-

formed in the same way in the solar-vacuum environ-

ment. Equipment without prior test experience (the radio
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and the attitude control solar vane system) were observed

to malfunction in the chamber. Nevertheless, the long

period of operation in the extreme environments in-

creased confidence in the ability of the spacecraft to

function as designed.

Because of the thermal configuration changes to the

spacecraft between the system test and the thermal test,

the effect of test cables on spacecraft performance could
not be evaluated in this test series.

and separation connectors. This test was intended to

determine the sensitivity of the spacecraft connector

leads to transients that might be encountered during the

launch phase. High-voltage tests were conducted on both

the STM and PTM spacecraft to determine the effect of

generation and ultimate discharge of electrostatic charge
from the surface of a launch vehicle. Tests of this nature

had been performed on Ranger spacecraft and were re-

peated to determine how the results could be applied to

the Mariner Mars 1964 program.

c. EMI tests. Although considerable shielded-room

subsystem tests were performed, the greater part of the

EMI effort was on system-level testing. Among the tests

performed on the Spacecraft System was an RF simula-

tion test. This test subjected the spacecraft to an RF

environment that simulated (with a margin) the calcu-
lated or measured RF levels from onboard launch ve-

hicle sources and AFETR ground sources (such as radar)

that participate in a spacecraft launch. This test was

intended to ensure that the spacecraft, including pyro-

technics, was not adversely affected by the presence of

the RF environment, and to ensure that cognizant oper-
ating personnel became acquainted with the character-

istics of any interference. These tests helped to eliminate

confusion and delays in the operations at AFETR.

Another test was performed to evaluate the effects of

electrical transients induced at the spacecraft umbilical

To ensure that the S-band communications receiver

onboard the spacecraft would not have its sensitivity

degraded by the presence of RF noise in its receiver

bandpass, a series of measurements were made during

the space simulator tests. These tests, performed on

both the PTM and the flight spacecraft, were made to

determine that no interfering RF noise levels would be

contributed by any spacecraft subsystem. It was discov-

ered on the PTM that the attitude control gas valves and

the gyros emitted noise bursts in excess of desired levels.

Additional tests were requested to determine how this

noise might interfere with the receiver operation during
the spacecraft's Mars encounter.

Other tests covered conducted noise on OSE power

cables and electrical transient effects. The complete ob-

jective of the transient test was not met due to transistor

failures in the data encoder under 20-v impressed tran-
sients. The desired full level transient was 75 v. The
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conducted noise test was intended to determine which

OSE consoles were "noisy" and would require additional

filtering or isolation transformers. The obiectives of this

test were not fully realized because of limited test time

on the system test complex.

RF simulation tests. Two RF simulation tests were per-
formed on the PTM spacecraft. These were a system RF

simulation test and a launch countdown and dummy run

test with live pyrotechnics.

The PTM was subjected to a simulated RF environ-

ment during the system test. Interference was noted on

the radio OSE precision coupler power readout and
on some low-level channels of the data eneoder. It was

determined that the Agena D telemetry simulator was the

cause of the interference. A subsequent test performed
the same day determined that interference to the data

encoder ehannels was reduced when the simulation

power density level was decreased. The precision cou-

pler interference (a power reading displacement) was
eliminated by the replacement of a coaxial cable on the

spacecraft. The Agena D telemetry simulation level was
reduced for flight spacecraft.

The AFETR RF simulation sources were provided for

the PTM simulated precountdown and countdown tests.

For these tests, Agena D flight-type antennas were

used for the simulated telemetry signal and the C-band

beacon signal. A flight-type C-band beacon was used in

these tests. In addition, a 100-w RF level at the trans-

mitter frequency was radiated from the omnidirectional

antenna. No interference to any spacecraft subsystem,

including pyrotechnics, was observed during these tests.

Radio-frequency power levels at selected squib loca-

tions were measured to determine the general magnitude

of the levels. A minimum safety margin of 27 db, with
the EMI simulation sources and with the S-band 10-w

transmitter on, was determined in this test for one of the
squib locations measured.

In the live squib simulation test, the usual simulation

sources were used. The effects on results using the on-
board pulse beacons included:

1. Agena C-band beacon. An actual flight-type beacon

was used with a flight-type antenna mounted on

the Agena forward-section adapter. Although char-

acteristics peculiar to such flight equipment were

provided for, the RF power level for this source did

not exceed the expected flight level. Any RF-level
safety margin from this source would have been a

result of RF reflections from within the SAF pit

walls back to the spacecraft.

. Guidance pulse track beacon. This source was simu-

lated with a CW RF generator. The simulated RF

power density level exceeded the calculated aver-

age power level but not the peak level.

° FPS-16 radar transmitter. This source was simulated

with a CW generator. This power density also

exceeded the calculated average value but not the

peak power level. However, including shroud atten-

uation effects, an adequate safety margin for peak
levels existed.

The effect of peak power levels on spacecraft pyro-

technics is an unknown factor. Results obtained during

the simulation of the two flight pulse beacons and the

FPS-16 radar provided only a marginal indication of

spacecraft capability. It has been proposed for future

applications that an RF simulation with live squibs be

performed using peak power levels to specifically deter-
mine that no hazard exists. Table 70 lists the RF levels

used for the simulation tests.

S-band RF noise tests. To determine that the space-

craft communications system would not be degraded by

broadband RF noise contributed by science or other sub-

systems on the spacecraft, a series of measurements were

made with Mariner Mars 1964 vehicles in the space-

simulator chamber. Acceptable RF noise levels were de-

fined for the spacecraft receiver transmitter and image

frequencies, and for the OSE test receiver frequency. In
order to measure the actual noise levels at the receiver

frequency, an S-band receiver with a low noise figure

was fabricated. Components for this system were assem-

bled from design drawings for flight equipment. The

receiver low noise was obtained by using a low-noise

parametric amplifier. A military-type receiver with ad-

justable bandpass filters (with one down to a 100 eps

bandwidth) was incorporated in the system. A signifi-

cant feature of the receiver system was a predeteetion

recording-frequency translating circuit. Magnetic tape re-

cordings were made during space simulator tests for

subsequent analysis.

Table 71 summarizes the permissible noise levels and

the noise receiver equipment sensitivity that was avail-
able for measurements.

Table 71 also indicates that additional sensitivity was

required of the test equipment. The receiver listed for
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Simulated transmitter

Table 70. RF simulation levels and test margins

1 2 3 4 5 6

MC-1 MC-2, 3, 4
Calculated Specifica- MC-1 actual actual

Frequency power tion power actual

Mc density density" test level b test test
dbm/m2 dbm/mS j dbm/m _ margin c level

db dbm/m 2

Offboard sources

Atlas Azusa Mark II transmitter 5060

FPS.16 radar transmitter 5690

Command destruct transmitter Classified

Atlas guidance pulse subsystem ground transmitter Classified

Atlas guidance rate subsystem ground transmitter Classified

Onboard sources

Atlas telemetry No. 1 229.9

Atlas Azusa transponder .5000

Atlas guidance pulse subsystem transponder Classified

Atlas guidance rate subsystem transponder Classified

Agena D telemetry 244.3

Agena D transponder (CW)

Agena D transponder (pulse)

5765

5765

18.3 26 28.6 45 28.6

14.6 average 22 20 e 49 average 20

52.5 peak 11.5 peak

-- 3.0 4 4 35 4.1

-- 18.5 average 18 28 82 average 28

13.7 peak 49 peak

7.8 18 18 45 18

-- 8.7 -- 2 1.2 10 1.2

-- 13.3 19 16.2 e 30 16.2

-- 8.9 average -- 1 1.3 10 1.3

23.4 peak -- 22

--12.4 -- 5 -- 1.2 11 -- 1.2

19 36 36 Not 25

determined

-- 18.1 17 14.7 Not 14.7

determined

1.5 40 51.2 Not 51.2

determined

aSpecified power density levels based on RF launch environment at LC 12 calculated for Ranger.

bValues determined from simulation equipment settings used for Ranger tests.

_Column 4 minus Column 2 plus Column 8.

'lColumn 6 minus Column 2 plus Column 8.

_Within 3 db of specification level.

7

MC-2, 3, 4
actual

test

margin d
db db

45 35

49 average 44

11.5 peak

35

82 average

49 peak

45

10

3O

10

--22

11

6

33

5O

8

Shroud

attenuation

at particular

frequency

28

35

35

making the 2295-Mc OSE measurement is a standard

field-intensity meter. A low-noise-level receiver is re-

quired for this measurement.

Umbilical and separation connector transient test. This

test was intended to determine the sensitivity of the

umbilical separation connector circuitry of the PTM to
electrical transients while in the launch mode. The test

was halted when it was only one-third completed be-
cause of transistor failures in the data encoder caused

by 20-v transients. The battery voltage monitor fuse was

blown by 75-v transients. It is highly desirable that this

test become a requirement for future missions.

Conducted noise from OSE. Considerable data were

collected during this test before it was determined that

the instrumentation was being saturated with the 60-cps

voltage. A filter was devised that was not optimum. A

sharper filter will be required for future programs and
tests. Because of scheduling problems and the unsatis-

factory quality of the data, this test was not completed.

High-voltage tests. It had been suggested that the

generation and ultimate discharge of large amounts of
electrostatic charge from the surface of a rocket-propelled
vehicle could act as a failure mechanism on the space-

craft. Analysis of this phenomenon indicated that because
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Table71. EMI receiver equipment sensitivity

and requirements

Frequency,
Mc

Spacecraft 2116

2017 (image)

2295

OSE 2295

Permissible

noise levels

--161.22 dbm in

20 cpsbandwidth

-- 111.22 dbm in

20 cos bandwidth

13.9 dbm in

12 cps bandwidth

--159.8 dbm in

20 cps bandwidth

EMI estimated receiver

sensitivity with
coaxial cables

--151.3 dbm (100 cps

bandwidth)

•1"7.6 db cable loss =

-- 143.7 dbm (100 cps

bandwidth)

--142 dbm (100 cps

bandwidth)

•1"7 db cable loss =

--135 dbm (100 cps

bandwidth)

--87 dbm (5 Mc

bandwidth)

+ 8 db cable loss =

--79 dbm (5 Mc

bandwidth)

--87 dbm (5 Mc

bandwidth)

the aerodynamic shrouds used to protect the spacecraft

during launch were not perfect Faraday cages, charges

would be induced on spacecraft circuit elements by the
accumulation of charge on the shroud exterior. Because

of the difference in time constants between the shroud

and the spacecraft element relative to the same external

reference, the voltage induced on the spacecraft element

might not be able to follow rapid voltage changes on the
shroud. Thus elements interior to the shroud could be

subjected to voltages with respect to the shroud (space-
craft ground).

The test on the STM allowed the preliminary gather-

ing of empirical data necessary for extrapolation of the

results of the Ranger Block III high-voltage test to cover

the Mariner Mars 1964 spacecraft. The tests indicated

that the Mariner shroud was approximately as good a

shield against static discharge phenomena as was the

Ranger shroud. The discharge-induced transients mea-

sured were within an order of magnitude of those

measured under similar conditions for the Ranger space-
el'aft.

The tests on the PTM indicated that the spacecraft

was not susceptible to high-voltage discharging from the

shroud for breakdown potentials of up to 150 kv. In

addition, the squibs used for the midcourse motor firing

and for the solar panel pinpuller were not susceptible to

the voltage discharges.

2. System-level FA Testing

Flight-acceptance environmental testing at the system

level was performed to certify flight worthiness and to

demonstrate the capability of each spacecraft to with-

stand environments from initial fabrication through

launch and injection to the encounter phase. The tests

consisted largely of vibration, space-simulation, and cer-

tain EMI analysis-type tests. The input levels were those

estimated to be the actual operational environmental

conditions. System-level FA testing was conducted on

each flight-quality spacecraft (MC-2, MC-3, and MC-4).

a. Dynam/c tests. Each flight-quality spacecraft was

subjected to a series of vibration tests including both

low-frequency sine sweeps and random noise. These

tests were an attempt to simulate the deleterious effects

of the vibration and acoustic field that accompanies

Atlas/Agena operations from launch to injection.

While comparable in severity to the expected environ-

ment, the imposed test levels were considered to be mild

enough to avoid fatigue or a reduced life expectancy of

the vehicle, yet severe enough to detect spacecraft as-

sembly errors and subsystem early life failures. The

vehicles were not subjected to such other types of
dynamic testing as torsion or shock, since it had been

previously demonstrated in the PTM tests that those

environments were adequately covered by the three-axis
vibration tests.

Each spacecraft was shaken in the roll axis and in two

lateral axes (Fig. 365). Before and after each axis of

vibration, a system verification test was performed, using
only the umbilical cable and the special Canopus sensor
and Sun sensor test cables from the STC. Before vibra-

tion of the spacecraft and upon completion of the system

verification test, the spacecraft was conditioned for the

launch mode, was transferred to internal power, and all
external cables were disconnected.

During vibration, spacecraft performance was moni-

tored via the RF telemetry link. After each axis of

vibration, the umbilical and special test cables were

reconnected and another system verification test was

performed to determine the spacecraft condition.

Each spacecraft was attached firmly and securely to

the vibration exciter by the vibration test fix_re. A

typical vibration test schedule for the flight spacecraft
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NOTE: The shaped-noise spectrum for equalizotion verification and FA-leve 
runs wos a spectrum with the specified PSD level flat from 550 11: 

Fig. 365. Test setup, MC-4 FA vibration test, Z axis 

is given in Table 72. The pretest integrity of the space- 
craft was determined by an examination of the results 
of a low-level sine sweep in the first axis of vibration. 
The examination consisted of comparing the behavior of 
the scan platform with similar results from the previous 
PTM and STM vibration tests. 

In order to develop the proper and complete dynamic 
characteristics of the flight spacecraft, the PTM PIPS 
was installed in place of the flight unit. Its fuel tank was 
filled with 21.5 111 of distilled water and pressurized to 
150 psi; its nitrogen tank was unpressurized. The flight 
jet-vane actuator assembly was uscd with thc PTM PIPS. 
Flight-acccptance vibration testing of thcl flight PIPS a s -  
srmbly was conducted indcpndently of flight spacecraft 
testing. 

Test Zeuels. Each spacecraft was subjected to noise 
vibration along two lateral axes and the roll axis for a 
duration of 60 scc per axis. Each test was executed by 
means of a magnetic tape recording, and consisted of a 
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Table 72. MC-2 vibration test run schedule 
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Test type 

Pretest integrity, sine 
sweep 

Noise equalization 

Equalization verification 

Equalization verification 

FA noise 

FA low-frequency sine 

sweep 

Noise equalization 

Equalization verification 

Equalization verification 

FA noise 

FA low-frequency sine 
sweep 

Noise equalization 

Equalization verification 

Equalization verification 

FA noise 

FA low-frequency sine 

sweep 

Frequency 
range, cps 

40 to 200 

150 to 2200 

150 to 2200 

Shaped noise 

Shaped noise 

200 to 20 to 
200 

150 to 2200 

150 to 2200 

Shaped noisc 

Shaped noisc 

200 to 20 to 
200 

150 to 2200 

150 to 2200 

Shaped noisi 

Shaped noisi 

200 to 20 to 

200 

pecified 
level 
g rrns 

0.354 

0.5 

0.5 

5.6 

10.7 

0.5 

0.5 

0.5 

5.6 

10.7 

0.5 

0.5 

0.5 

5.6 

10.7 

1 .o 

- 
luration 

sec 

68 

120 

120 

8 

60 

196 

120 

120 

8 

60 

196 

120 

120 

8 

60 

196 

'Bay II. 

"Boy VII I .  

programmed sequence of Gaussian noise with a spectrum 
of 0.07 g2/cps from 550 to 2000 cps (rolled off at 
6 db/octave below 550 cps and at 24 db/octave above 
2000 cps). The wideband rms value was 10.7 g rms. In 
addition, each vehicle was subjected to sinusoidal vibra- 
tion along each of the three axes at frequencies between 
20 and 200 cps. The input level was 0.5 g rms for the 
lateral axes tests, and was 1.0 g rms for the roll axis test. 
Prior to each noise test, a standard technique of equal- 
ization was accomplished with low-level sine-wave in- 
puts. As a check of the test input levels and to ensure 
adequate equalization and protection from overtesting, 
an intermediate-level noise vibration test was conducted 
prior to the full-level FA test. This test was 8 sec in 
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duration, and used the same spectrum as the FA test but

with an rms value of 5.6 g.

The FA noise excitation levels compared with the TA

levels in the following manner: (1) the test duration per

axis was 60 sec (or I/3 that of the PTM); (2) the wide-

band rms value was 10.7 g rms (or 18.7 for the PTM),

(3) both tests had comparably shaped spectra (flat from
550 to 2000 cps with a 24 rib/octave roll-off above

2000 cps and a 6 db/octave roll-off below 550 cps). The

power density spectrum level in the flat range was

0.2 g2/cps for the PTM and 0.07 g2/cps for the FA test.

This was a margin of approximately 4.5 db.

Test technique. Control for all vibration tests was ob-

tained through six appropriately mounted accelerome-

ters, which were located on the vibration exciter fixture

very near the adapter bolt circle, equally spaced around
its circumference and sensitive to acceleration in the
direction of motion.

Low-frequency control (20 to 200 eps) was accom-

plished using the peak selection reading of the six accel-

erometers. High-frequency sine-wave (150 to 2000 cps)

and random-noise control was accomplished by using
the quadratic mean of the six accelerometers.

Limiting of the shear force imparted to the adapter/

vibration exciter fixture was a requirement for the con-

trol of these tests. The force suppression levels for the
FA vibration test series were:

Lateral axes = 4500 ± 5% lb

Roll axis = 6500 ± 5% lb

The input amplitudes were never suppressed since the

maximum force levels observed during the tests on any
vehicle were:

Lateral axes = 1700 lb at 70 cps

Roll axis = 2800 lb at 45 to 80 cps

Equalization of the vehicles for the random-noise tests

in all axes was accomplished with low-level sine-wave

inputs. With the vibration exciter control system on

servo, and with control exercised by the quadratic-mean

circuit, plots were made of the voltage required to hold

the sweeping sine-wave input at 0.50 g rms. The sweep
was performed at a logarithmic rate of 0.50 min/octave

from 150 to 2200 cps. The system was then equalized

through the use of peak-notch filters and the graphic

equalizer. When the trial equalization was complete, a

verification sine sweep was run. The resulting plot was

then compared with the equalization plots from the cor-

responding PTM tests. Equalization was at least as good

as the PTM and the final plots were generally flat within

±2.0 db, although occasional peak notches of up to 4 db
were noted. In several instances the verification runs

indicated inadequate equalization of the system. Addi-

tional trial equalizations were then performed, which

produced satisfactory results.

A number of selected data points were recorded on a

direct-writing oscillograph during each test so that the

environmental requirements project representative could

monitor the input reference and the behavior of the

spacecraft in real time. All input-reference test data were

reduced as quickly as possible in order to minimize the

need for repeating tests. System verification test data

were thoroughly evaluated after each vibration to ensure

that the spacecraft was in the proper condition for the

next run. Generally, each spaoecraft satisfactorily with-

stood the imposed vibration. The ring harness trough

assembly was observed to experience a structural failure

at the conclusion of the MC-3 spacecraft tests, although

it was not directly attributable to vibration. In addition,

there were considerable difficulties with the flight instru-

mentation system. It is also noted that a number of

facility-induced anomalies occurred, none of which, how-

ever, caused any significant difficulty. A comparison of

the actual FA noise environments for each spacecraft is
given in Table 73. (The desired wideband level was

10.7 g rms.) These tests demonstrated the readiness of
each vehicle for launch.

b. Space-simulation thermal-vacuum tests. Space-
simulation tests were conducted on the MC-2, MC-3,

and MC-4 vehicles in the 25-ft space simulator (Fig. 230)

from March through November 1964. The objectives of
the tests were:

1. To establish the functional integrity of a space-

craft operating in a simulated space environment

Table 73. Comparison of spacecraft FA noise test levels

Spacecraft

Axis

MC-2 MC-3 MC-4

XY" 10.8 10.8 11.0

XY b 10.8 8.7 11.6

Z 11.9 14.6 12.6

:'Bay II.

hBay VIII.
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2. To perform a final verification of the ability of the

temperature control subsystem to maintain space-
craft temperatures within design limits

3. To verify that spacecraft performance in a simu-

lated space environment was not affected by test
cables

The first objective was accomplished by performing a

spacecraft system test. This test consisted of operating

the spacecraft in a space environment simulating the
Mars mission. The environment included a solar source

of varying intensity with cold vacuum chamber walls

(Fig. 366). The second objective was met in a similar

manner, except that (1) the spacecraft was subjected to

greater extremes of temperature than specified, (2) the

test was of a shorter duration (usually lasting until

steady-state conditions were met in the various modes),

and (3) fewer telemetry cables were used. The third

objective was determined by a comparison of the first
two objectives.

The simulated solar-radiation source was a lamp array

of 133, 21/,o-kw mercury xenon lamps. The light beam
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Fig. 366. Space-simulator system test,

solar intensity history

was projected in such a way as to permit off-axis tests.

The heat sink of deep space was simulated by the liquid-

nitrogen-filled black panels lining the walls and the bot-

tom of the chamber. A vacuum pressure of 10 -6 mm Hg

was achieved in a three-phase operation. The operational

sequence stepped the pressure down using wind-tunnel

compressors and mechanical and diffusion pumps.

The following items are possible sources of error in the
test data:

1. The solar-radiation source, although simulating the

intensity of the Sun, could not simulate its spectrum

2. The simulated collimation angle was different from

that of the Sun

3. Effects of chamber re-reflectance, thermal gradi-

ents, and extraneous radiation are undefined

4. The actual launch pressure profiles could not be

simulated (Fig. 367).

MC-2. The MC-2 spacecraft was subjected to space-

simulation testing during July 1964. During the system

portion of the test, a general overall spacecraft bus tem-

perature increase over the PTM was noticed. Slight
thermal modifications to the bus produced the desired

temperatures. A comparison of temperatures between the

system test and the thermal test indicated that the effect

of OSE cables was to cool the spacecraft a few degrees.

MC-3. The MC-3 spacecraft was subjected to thermal-

vacuum testing during August 1964. During the test, a
leak in the attitude control subsystem and a loss of

spacecraft power control caused an increase in chamber

pressure. In general, the spacecraft operated within the

desired temperature ranges.

MC-4. During September 1964, the MC-4 spacecraft

was subjected to environmental testing in the space

simulator. The spacecraft experienced a rise in chamber

pressure during the space-simulation test. The pressure

rise occurred during an attempt to restart one of two

blowers that operate in parallel downstream of the ten

diffusion pumps and upstream of the mechanical pumps.
When a control valve was opened, the diffusion

pumps surged and the chamber pressure increased to

100/, because of the in-rush of trapped air from the idle

pump. The diffusion pump beaters shut off automati-
cally, and the isolation valves between these pumps and

the chamber closed automatically, but not before some
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oil and air had entered the chamber permitting space-

craft arcing. It was determined after considerable analy-

sis that this anomaly had no significant effect on the
spacecraft.

c. EMI RF simulation tests. The flight spacecraft were

subjected to an RF simulation test to verify that all
spacecraft systems would not receive interference in the

RF environment present at the launch complex. The RF

power density levels used on flight spacecraft were the

same as on the PTM, except for the Agena telemetry
simulated source.

These tests were performed according to the FA envi-

ronmental test specification (RF levels and calculated

test margins are listed in Table 70).

On the MC-2 spacecraft, the cosmic dust collector

noted penetration effects with the RF sources on. No

other interferences were noted. Schedule limitation pre-

cluded further investigation of the problem.

One failure occurred on the RF simulation equipment

in this series of tests. The traveling-wave-tube amplifier

used for the Atlas guidance pulse and rate subsystems

failed as the test began. The amplifier was bypassed and

the resulting power level was approximately 0 dbm/m _

for both systems. The level required in the procedure
was 18 dbm/m 2.

During the RF simulation test of the MC-3 spacecraft,
the following disturbances were noted:

,

.

.

When the Atlas guidance pulse subsystem trans-

mitter was turned on, the cosmic dust experiment

experienced a slightly noisy reset line. This dis-

turbance was not seen on the data and it cleared up
after a few minutes.

The precision coupler RF power monitor in the

OSE showed a 0.1-db increase in power when
the Agena telemetry source was turned on.

The data encoder reported a one-count discrepancy
in the low-level channels.

Because of the limited spacecraft test time available, the

disturbance was not investigated further.

On the MC-4 spacecraft, the data encoder reported a

one-count discrepancy with the RF simulation sources

on. No other subsystems noted interference. The data

encoder interference was not investigated further due to
limited test time.

B. Subsystem Environmental Tests

Type-approval and flight-acceptance testing of all

Mariner Mars 1964 spacecraft subsystems was a Project

Office requirement. Environmental specifications were

released, which precisely specified the procedure for

establishing the test environment. These specifications

were inadequate by themselves, however, for two rea-

sons. First, such documents could not possibly have

specified the functional tests necessary to determine

acceptance or rejection. Second, with such a large com-

plex spacecraft, it would have been difficult to write

one general specification entirely applicable to each

item on the spacecraft. For these reasons, each cognizant

hardware engineer covered the testing of his particu-

lar hardware in an appropriate specification detailing

the necessary functional tests, acceptance criteria, and

deviations from the basic environmental specifications.

465



JPL TECHNICAL REPORTNO. 32-740

Before being released, these test specifications were re-
viewed to ensure that the environmental test program

specified was appropriate to the particular piece of
hardware.

Two types of subsystem environmental tests were per-

formed during the development of the project. Type

approval environmental tests were intended to verify

designs. They were intentionally severe to compensate

for material and fabrication differences in flight hard-

ware. Flight acceptance environmental tests were in-

tended to be as severe as the expected environment and

Table 74. Assembly-level environmental test

requirements

Test TA test level FA test level

Not applicableBench handling

Drop test

Transportation

vibration

Explosive

atmosphere

Humidity

Shock

Static

Free-fall corner drop

Height variable to weight

1.3 gt 2to35 cps

3.0 gl 35 to 48 cps

5.0 gt 48 to 500cps

Fuel and air during

assembly operation s

75% humidity and varied

temperature

5 to 200g, 0.7 ± 0.2 msec

pulses, 3 axes

± 14 g, 3 axes for 5 min

acceleration

Vibration low

frequency

(all assem-

blies)

1 to 4.4 cps

4.4 to 15 cps,

3 g peak
f for3 min

Complex wave

(assemblies

>_ 10 tb)

Thermal-

vacuum

Thermal shock

(for external

assemblies)

16.4 g rms noise for 90 sec

5.0 g rms noise

2.0 g rms sine,

15 to 40 cps
for

9.0 g rms sine, }

40 to 250 cps t 600 sec
4.5 g rms sine,

250 to 2000 cps"

-- 10°C for 4 hr

75°C for 12 days

10 -4 mm Hg

-I- 75 to -46°C

9.0 g rms noise for 6 sec

3.0 g rms noise

t1.5 g rms sine,

15 to 40 cps for

6.0 g rms sine, 200see

40 to 250 cps I

3.0 g rms sine,

250 to 2000 cps h

9.0 g rms noise for 6 sec

0°C for 2 hr

55°C for 40 hr

10 _ mm Hg

Not applicable

.9.0 g for assemblies _ 10 lb.

h6.0 g for assemblies ._ 10 lb.

to define certification of readiness for flight. All flight

equipment was subjected to FA testing. The assembly-
level FA tests were limited to two environments in

which equipment operation could be evaluated,
and which could be simulated in a well controlled man-

ner. Passage of the FA tests demonstrated the ability of

the hardware to perform satisfactorily in the selected

environments at levels at least as severe as flight. This

information combined with inspection and performance

testing results provided implicit evidence that the FA

equipment was similar to the TA equipment and, thus,

capable of performing in all environments.

A summary of the subsystem environmental test re-

quirements and the results of the program are given in

Tables 74 and 75. The types of problems or failures
encountered are shown in Table 76.

Table 75. Subsystem environmental test summary

Number

of sub- Number Number Failures
Environment

systems of tests of failures %
in test

TA tests

Bench handling

Package drop

Transportation vibration

Humidity

Explosive atmosphere

Shock

Acceleration

Low-frequency vibration

Complex-wave vibration

Thermal-vacuum

Thermal shock

Total

22

25

27

31

18

49

46

51

54

50

56

39 0 0

39 0 0

85 0 0

51 5 a 10.2

19 0 0

116 3 2.6

89 0 0

90 6 6.7

154 24 15.6

95 19 20.0

28 1 3.6

805 58 7.2 (average)

FAtests

Thermal-vacuum 41 310 28

Complex-wave vibration 49 538 26

Temperature 2 21 1

Total 869 55

Overall Total 1674 113

9.80

4.8

4.76

6.33 (averag(

6.86

.All failures at 95% relative humidity.
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Table76. Classificationof subsystemenvironmental
testproblemsor failures

Failure classification

Design change required

Component failure

Workmanship

Operator error

OSE failure

Miscellaneous and undefined

Total

TA

testing

39

14

13

7

8

6

87

FA

testing

Bench r

system,
and ven-

dor testing

14 30

19 26

12 9

9 8

8 8

4 6

66 87

Total

83

59

34

24

24

16

240

1. Subsystem TA Environmental Testing

Design adequacy of the Mariner Mars 1964 subsystems

and assemblies was verified by type-approval testing.
Ten test environments were defined for the normal

encounter sequence from fabrication through flight.

Although not a project requirement, this was the pre-

ferred sequence for conducting the type-approval test

program. All tests were not appropriate for each item;

therefore, applicable tests were specified by the unit
test specification.

Some of the tests were based on military or aerospace

requirements. The conditions from the military specifi-
cations were readily determined to be more severe than

those encountered by the spacecraft equipment, but this

severity generally posed no problem for the majority of

the equipment. In cases in which equipment was not

compatible with these tests, special handling procedures

were established and the test requirements were waived.

Other environmental test requirements were based on

spacecraft design information, experience, or special

studies. The thermal-vacuum test requirements for the

assemblies were based on experience and on design data.

(The temperature test range has been used for JPL

spacecraft projects with only minor changes since

Explorer 1.) The thermal design of the spacecraft pro-

vided a temperature environment well within this range

for all inboard parts of the spacecraft. Outboard parts

such as the solar panels and antennas required special
testing, which was beyond the scope of the general

specification but was completely defined in the environ-

mental test specification for those assemblies. The ca-

pability of the Mariner Mars 1964 spacecraft to provide
a satisfactory thermal environment was verified in the

system-level space simulator tests.

Certain tests such as vibration and shock required

special analyses. Although the basic tests for the assem-

blies and spacecraft are summarized in the following

paragraphs, a number of additional tests were performed

on selected assemblies as a result of continual study of

the test environment. Three of the specified tests were

designed to verify the capability of each unit to with-

stand the shock and vibration stresses imposed during
handling, packaging, and shipment. Three tests were

performed to simulate the environment encountered by

the spacecraft during final launch preparation and

countdown. The shock, static acceleration, vibration,
temperature, and thermal shock tests simulated the envi-

ronment encountered by the spacecraft during launch

and flight; the equipment was expected to function ac-

cording to its design intent throughout the tests.

a. Bench handling of subassemblies. Each subassem-

bly, without protective packaging, was dropped on a

2-in.-thick fir bench or table at a 45-deg inclination, with

at least one point of the assembly in contact with the

table prior to drop. Six drops from six different positions

constituted the test. Upon completion of the test, the

assembly was energized, and, after a sufficient warmup

period, satisfactory operation was verified.

b. Drop test. The assembly or subassembly, with pro-

tective packaging, was dropped onto a concrete floor.

The configuration for this test (assembly or subassem-

bly) was representative of the configuration in which a
commercial carrier would have handled the item. The

height, as specified, was measured from the floor to

the point of the package nearest the floor; the package

was dropped on any of its corners, edges, or surfaces.

Six such drops, landing on six different corners or edges,

constituted the test. Upon completion of the test, the

assembly was tested for satisfactory operation.

c. Transportation vibration. The transportation vibra-

tion test was conducted to study the effects encountered

by a component when it was shipped by such standard

means as aircraft (turbojet or propeller-driven), rail,

ship, or truck. The test severity was designed to ensure

an adequate test simulation level in the event that the

transportation history and transportation vibration levels

were either uncontrolled or unki:own. In specific in-

stances, the shipping package was used as part of the

test setup.

d. Explosive atmosphere test. This test was conducted

to ensure that the assemblies would operate in an explo-

sive atmosphere environment, which occurs as a result of
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launch vehicle fueling operations, without igniting the

atmosphere.

e. Humidity test. The objective of this test was to en-

sure that the assemblies were capable of operating in a

humid environment. While the spacecraft could normally

be expected to be operating only in a controlled atmo-

sphere prior to launch, the remote possibility existed of

encountering humid conditions during handling and/or

prior to launch.

f. Shock. The shock tests verified integrity for the

environment associated with the firing of pyrotechnics.

g. Static acceleration. Each assembly was subjected

to a static acceleration of ±14 g in three orthogonal

directions, one direction parallel to the axis of thrust,

for 5 min. The assembly was required to operate in the

launch mode during the test.

h. Vibration. The low-frequency and complex-wave
vibration tests simulated the deleterious effects of struc-

tural excitation and acoustic coupling during booster

operation (e.g., midcourse maneuver circuitry), which

was not required to function within tolerance during
these tests, but which was required to survive them

(i.e., the assembly was required to operate in accordance

with its test specification without any repair or adjust-

ment following the test).

1. The low-frequency vibration testing subjected each

assembly to sinusoidal vibration between 1 and

15 cps in each of three orthogonal directions.

2. The complex-wave vibration tests, consisting of a

sequence of band-limited Gaussian noise and com-

bined noise and sinusoidal vibration, were pro-

grammed by means of a magnetic tape recording.

Tests were conducted in each of three orthogonal
directions.

i. Space-flight temperature tests. These tests were

designed to verify that assemblies would perform satis-

factorily with a safety margin in a combined thermal-

vacuum environment. The margin was incorporated as

a design-verification tool to accelerate aging and to
account for uncertainties in the thermal environment.

The tolerances of input-output quantities designed into

a particular assembly were verified at the low- and high-
temperature extremes of this test. The tolerances were

maintained, and the varied input-output parameters

were specified in the unit vacuum with a duration of

4 hr at low temperature (nominally -10"C), and 12 days

at high temperature (nominally 75"C). Temperatures

were modified by unit test specification in accordance

with the TCM testing results.

i. Thermal shock tests. External assemblies were sub-

jected to a thermal shock test to ensure their capability

to withstand thermal shock during a change in space-

craft attitude or when the spacecraft entered the Earth's
shadow.

k. RF interference tests. Conducted and radiated in-

terference and susceptibility tests were performed when

necessary to ensure against interference with other

assemblies on the spacecraft, or against vulnerability to

interference from launch-area ground RF sources.

Radio-frequency interference tests were performed on

the following selected spacecraft subsystems: the science

experiments, the narrow angle Mars gate, the CC&S,

communications, and the squib-firing assembly. The sig-

nificant problem during these tests was the difficulty

encountered in separating the support equipment RF
noise from that of the modules under test.

2. Subsystem FA Environmental Testing

Qualification of Mariner Mars 1964 subsystems and

assemblies for flight was accomplished using a pre-

scribed test schedule. The general FA specification also

established the environmental limits to which compo-

nents and subassemblies were exposed before delivery

to SAF (preacceptance testing). Unit test specifications

were generated by each subsystem cognizant engineering

group, which specified the performance parameters to

be met during and after exposure to environmental

stress. Deviations from the requirements of the general

specifications, the exact configuration of the unit during

test, and the schedule of operations to verify performance

were incorporated into the unit test specifications.

A summary of the environmental tests used in the

flight-acceptance series is given in Table 77.

Table 77. FA environmental test recapitulation

Environment

Vibration

Thermal-vacuum

Temperature

Total

Number of

tests

538

310

21

869

Passed Failed

512 26

282 28

20 1

814 55

Failed, %

4.83

9.00

4.76

6.33 (average)
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a. Vibration tests. Each flight unit was subjected to
noise and sinusoidal vibration. Levels and durations

were less severe than those employed in TA testing, but

somewhat higher than the expected flight level. Equip-

ment that did not operate during booster operation

(e.g., midcourse maneuver circuitry) was not required to

function within tolerance during these tests, but it was

required to survive them. For example, the assembly

could not experience problems during vibration that

would be detrimental to the Spacecraft System, but it had

to be capable of operation in accordance with its test

specification without any repair or adjustment resulting
from the test.

b. Thermal--vacuum tests. These tests were designed

to verify that assemblies would perform satisfactorily in
a combined thermal-vacuum environment. The test

levels were somewhat more severe than expected flight

conditions; a margin of safety that was incorporated to
compensate for uncertainties in the thermal environment

and to precipitate failure from fabrication weaknesses.

The test consisted of satisfactory operation (per the
unit test specification) for 2 hr at 0*C and for 40 hr at

55"C. (Some of the external assemblies had estimated

operating temperatures below 0* C, and the test require-

ments were modified accordingly for those assemblies.)

3. Magnetics

Essentially all magnetics en_Sronmental testing was

conducted on the assembly or subassembly level. The

Mariner Mars 1964 was the first JPL program in which

a definite effort was made at magnetics control. The

Mariner Venus 1962 program had highlighted the need

for such an effort, and had initiated several study pro-

grams of the various problems in magnetics control.

From these studies, the first general magnetics specifica-

tion was developed. Since the magnetics effort was new,

one of the main tasks required was to disseminate proper

magnetics control information to the hardware personnel
before design began.

All TA, PTM, and flight spacecraft equipment was to

be examined for its magnetic quality against the mag-

netics specification to ensure to the greatest possible
extent meaningful magnetometer measurements. To sat-

isfy the requirements for environmental testing and to

incorporate revised magnetics design restraints that were

more definitive, a project-oriented specification was is-
sued. This specification for the first time included the

specific requirements described in the following para-

graphs for magnetics test scheduling and documentation.

a. Magnetics test sequence. All Mariner Mars 1964

type-approval and flight hardware was evaluated for

magnetic fields in the following sequence:

. Type-approval hardware. All type-approval units

were evaluated for static (permanent) magnetic

fields and dynamic (electrically energized) mag-

netic fields before type-approval vibration testing.
All type-approval units were evaluated for static

magnetic fields following type-approval vibration

testing.

. Flight hardware. All flight hardware was evaluated

for static (permanent) magnetic fields following

flight-acceptance vibration testing.

b. Magnetics evaluation certification. All magnetics

tests performed were documented in the manner appro-

priate to the hardware classification. Type-approval
hardware evaluation was recorded on the environmental

test results summary report, and the flight hardware eval-

uation was properly recorded on the SAF delivery cer-
tification report.

This specification was the culmination of a lengthy

review of various magnetics control efforts, magnetics

evaluation of spacecraft materials and subassemblies,

and repeated attempts to define adequate magnetics de-

sign restraints consistent with the steadily progressing
state of the art. Magnetics control efforts, however, re-

ceived a low priority in view of other severe design
requirements. There was a reluctance to deviate from

proven design in order to search for suitable nonmag-

netic substitutes in the face of the higher priority re-

quirements for reliability, performance, and meeting the

launch schedule. Since much of the design of Mariner

Mars 1964 equipment had been carried over from the

Ranger and Mariner Venus 1962 projects, a great deal of

effort was directed at working with cognizant engineers

to define the magnetics requirements, the problems

involved, and possible improvements and techniques
available.

To assist in these efforts, a special study was con-

tracted to determine the magnetic properties of space-

craft components. Incident to this study, a handbook was

compiled of terms, formulas, units, and measuring meth-

ods pertaining to the properties of magnetics. This hand-

book was distributed throughout the Laboratory and was

of great value in generating a greater awareness and

interest in the magnetics control problem. An additional

result of the contracted study was a plan for an inte-

grated program for further development of magnetics
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control, including a more sophisticated field-prediction

technique.

Magnetic mapping of Mariner Mars 1964 assemblies
and subassemblies was begun in August 1963. The map-

ping information was summarized in two documents.
The first document defined the assembly or subassembly

mapped, its serial number, the field at 3 ft, the field at

the spacecraft flight magnetometer location, and recom-

mended corrective action, if necessary. The second docu-

ment was extracted from the first, and defined only those

assemblies that exceeded the magnetics design restraints.

These two summaries were updated and reissued at fre-

quent intervals. By August 1964, 1908 mappings had

been performed on Mariner Mars 1964 assemblies, sub-

assemblies, and piece-parts. Many subassemblies were

mapped more than once under different conditions, such

as before and after vibration tests, with power applied,

and occasionally after an engineering change had been
made.

The tight time schedule for this program and the stress

placed on reliability reduced the possibility of investigat-

ing corrective measures when the magnetics design re-
straints were exceeded. Corrective action was performed

when it did not delay schedules or influence reliability.

Generally this action consisted of replacing a magnetic

material with a nonmagnetic material, providing a lim-

ited amount of magnetic shielding, or, as in the case of

the solar panels, demagnetizing. The most significant

achievement in the magnetics control effort was the

ability to successfully deperm the solar panels, so that

their effect at the spacecraft flight magnetometer was

negligible. This reduced the spacecraft field at the mag-

netometer about 70_.. The panels were depermed from

a field of about 30 y to less than 1 _ at the sensor, using a

pair of 7-ft diameter deperming coils developed for that

purpose.

The construction of these coils in a very short period

was in itself a significant achievement. The large coils

were conceived, designed, and constructed within

2 months. They were designed to produce a 100-gauss

alternating field along their axes at 1/20 cps, so that volt-

ages induced in spacecraft circuits by this field would

not damage the spacecraft. Because of the uncertainty in

such a large scale operation, and due to insufficient time

to thoroughly investigate the necessary techniques and

precautions in deperming a spacecraft, it was decided

not to attempt depenning of the spacecraft bus but to

concentrate all effort towards the solar panels. In view

of this decision and the lack of experience at 1/20 cps,

circuit components were hastily assembled to tune and

operate the coils at 60 cps. Using a 230 v, 60-cps ae input,

it was possible to generate a field of about 22 gauss

along the coil axis. Subsequent tests with the TA solar

panels indicated that 10 gauss for 10 rain with a gradual

decrease at the end was sufficient to deperm the panels.

The coils were then dismantled, shipped to Cape Kennedy

and reassembled in order to deperm the flight solar

panels before the scheduled spacecraft launchings. The

stability of the solar panels following this deperming re-

mains an uncertainty. Study programs are planned to

investigate the stability question and to study deperming

of the spacecraft bus.

About 60% of all Mariner Mars 1964 hardware pro-

duced was evaluated magnetically. Table 78 gives the

estimated percentage for each of the Mariner Mars 1964

spacecraft.

Table 78. Magnetics evaluation of Mariner Mars 1964
hardware

Hardware

Spacecraft or assembly magnetically evaluated, %

TA

MC-1

MC-2

MC-3

MC-4

50

90

90

60

20

Of the 1908 assemblies mapped, more than 140 ex-

ceeded the magnetics restraints imposed by the specifi-

cations. Piece-parts that particularly resulted in excessive

fields were relays, shafts and bearings, solenoid cores,

permanent magnets in the gyros, the traveling-wave tube,

stainless-steel springs in the pressure regulators, torque

motors, bimetal spirals in temperature control devices,
modules with welded nickel ribbon buses, and kovar bus

bars on the solar panels. The particular assemblies with

large fields were the CC&S subsystem, the attitude con-

trol subsystem (due to the use of a large number of

relays), and the DAS logic assemblies with their welded

modules. The DAS logic assemblies were very unstable

as a result of vibration testing. Except for the permanent

magnet in the attitude control subsystem, the vibration

testing affected the magnetics stability of all the above

magnetic components to some extent.

In spite of the necessity for a large number of waivers

on the magnetics design restraints, the resultant magnetic
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fields of the two flight spacecraft launched in November

1964 were relatively low. A direct comparison of the total

spacecraft fields between Mariner Venus and Mariner

Mars is meaningless due to the greater complexity, num-

ber of subsystems, and increased requirements placed on

the Mariner Mars mission. Although the total Mariner

Mars field was about twice that of Mariner Venus, the

field associated with Mariner Mars appears to be con-

siderably more stable. _qth the spacecraft solar panels

depermed, the magnetic fields at the magnetometer
sensor were determined to be:

Hx Hr Hz

MC-2 2.5r 21.0_ 17.4e

MC-3 5r 11.5y 30.1r

A considerable amount of work remains to be done in

order to achieve magnetically clean spacecraft. Signifi-

cant improvements were made by the Mariner Mars 1964

Project and greater confidence was acquired in mag-
netics control efforts.

4. Life Testing

The ultimate aim of any life test is to gain information

about the operating characteristics of given equipment

as a function of time, and, as a result, to be able to esti-

mate the useful life of the equipment. Traditionally, the
concept of a life test is based on statistical considerations

and is commonly applied to the testing of relatively inex-

pensive and readily available hardware.

Such an approach to the Mariner Mars 1964 life test

program was not practical, since the unit cost severely

limited the number of samples that could be chosen. In

addition, the length of the mission also presented a

severe problem in the design of a statistically meaningful

life test, since large samples and long test times would

be required to generate data for even the simplest of
reliability analyses.

However, it was still more than desirable to discover

the time-dependent operating characteristics of the

Mariner Mars 1964 hardware. Therefore, a life test based
on more practical considerations was defined in the de-

cision to limit the life test objectives to the following:

1. The analysis of such effects as the degradation of
performance as a function of time, the critical fail-

ure modes, and the influence of the assorted test

environments on these effects

2. To support, whenever necessary, the diagnosis of
inflight problems

3. To provide, whenever possible, indication of the

nature and extent of the likely deterioration of
flight hardware

The use of the life test program in obtaining estimates

of the life expectancy of the Mariner Mars spacecraft

was inadequate because:

. The specific units assigned to the life test were the

t3rpe-approval units, which had just completed

the extensive environmental test program designed

for them. This factor prohibits their being consid-

ered a representative sample of the flight hardware,

and a "sample of one" is a poor statistical repre-
sentation.

. The individual subsystems tested underwent a wide

assortment of environmental conditions ranging

from simulated flight and ambient laboratory con-

ditions to extensive temperature cycling. Such varia-
tions in environmental stresses are difficult to assess

statistically.

The principal outputs of the life test will be the analy-
sis of performance degradation and of the critical failure

modes, and the effect of the assorted environments on

these areas. From this viewpoint, the use of accelerated

environmental conditions is acceptable and appears de-

sirable. An uneventful life test will yield little useful

information. However, if at the completion of the tests

the critical failure modes and performance degradation

characteristics become known, and ff the mechanisms

contributing to these effects are understood, estimates of

the useful life of the hardware under normal operating

conditions may be made by a comparison of the life test

data with other significant information.

Periodic estimates are being made of the mean time

between failures for the various units using the life-test

data, and data from all the other tests performed on the
TA and similar units.

A life test at the subsystem level was established as a

part of the project policies and requirements, and all

active spacecraft subsystems and components were gov-

erned by this requirement. The type-approval units were

assigned for use in the life test and were required to be

made available for this purpose immediately following

TA testing.

Preliminary life test plans were generated and distrib-

uted to the JPL division Project Representatives and the
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cognizant personnel. This preliminary plan was essen-

tially a list of the equipment to be subjected to life test-

ing, with comments relative to the gross effort. Following
this, a definitive test philosophy for performing life tests

of TA assemblies, a set of ground rules based on that

philosophy, and a set of life-test plans for the individual

subsystems and assemblies was generated in the form of

a planning document. Included in this document was a

summary of the type of environments to which the vari-

ous units were to be subjected and the availability of the

various facilities for performing the life tests. A descrip-

tion of the life tests is given in Table 79, and a summary

of the failures encountered is given in Table 80. After

Mariner IV encounter, additional data will be reported

that will amplify and extend the work being performed
in this area.

5. Miscellaneous Subsystem Environmental Tests

a. CC&S fuse acoustic. As a result of the Mariner

PTM acoustic testing, a failure was observed in the

3/10 amp fuse in the CC&S subsystem. To determine if
the failure was the result of excessive acoustic excitation,

two separate items were subjected to a 142-db rever-

berant acoustic field for a period of 90 sec. The fuses
were checked before and after the excitation and no fail-

ures were noted, and, on the basis of this, the fuses were

certified to be adequate for use in the Mariner mission.

b. Cosmic Ray Telescope acoustic test. As a result of

problems experienced with the Cosmic Ray Telescope,

the acoustic susceptibility of the telescope thermal-fin

mylar window was investigated. The assembled Cosmic

Table 79. Mariner Mars 1964 life tests

Subsystem

Cosmic Dust Detector

Ionization Chamber

Cosmic Ray Telescope

Trapped Radiation Detector

Helium Magnetometer

Solar Plasma Probe

DAS

Planetary scan subsystem

Television

Data encoder

Reference

designation

Unit

serial

number

Date life

test started

Operating hours

From start
Before

of test to

life test 2/15/65

24A1 TA NA 1524 NA

26A1 111 10/16/64 790 3051

21AI TA NT NT NT

25A1 TA 10/16/64 1313 3192

33AI 2 10/12/64 756 2874

33A2 2 J 756 2874

33A3 0 _ 691 2874

MC-032A1-32A4 12/16/64 NA NA

Total

20AI

20A2

20A3

20A4

20A5

31A1-31A3

2

MC-7

TA

MC-7

3

TA

12/23/64 1040 1060 2100

2/12/65 1330 70 1400

12/23/64 840 1060 1900

2/12/65 1330 70 1400

12/23/64 1040 1060 2100

8/24/64 531 1969 2500

C36 MC-TAM 8/4/64 525 1055

6A1-6A13 1 1/7/64 NA 9521

3 7/10/64 1494 5131

Remarks

NA Life testing, including temperature cycling from

--20 to 75°C in vacuum, to be performed

by the experimenter.

3841 Instrument operating in vacuum of 10 -_ torr

at ambient temperature.

NT Unit not subjected to life tests.

4505 Unit operated in temperature chamber and

subiected to temperature cycling.

3650 Sensors housed in magnetic shield in vacuum and

3630 operated at 30°C for first 2000 hr, and then

3565 controlled at initial temperature (20°C) of

flight sensor. Electronics operated at 40°C

throughout the test.

NA Unit operated at 33°C in vacuum. Test performed

at MIT.

Units operated in ambient temperature and

pressure environment.

Unit operated in 25°C and 10 '_ torr

environment.

1580 Unit operated in 70°F and ambient pressure

environment.

NA Ambient temperature and pressure environment.

6625 Ambient pressure and 167°F environment.

NOTE: NA Not available

NT Not tested
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Subsystem

Command subsystem

Radio subsystem

Tape machine

Power subsystem

Reference

designation

Unit

serial

number

Table 79. (Cant'd)

!Battery

Affitude control electronics

Date llfe

test started

Sun sensors

Earth detector

Canopus sensor

Operating hours

Before From start
of test to

life test 2/15/65

Narrow angle Mars gate

Solar pressure control assembly

Jet vane actuators

Attitude control gyros

CC&S

Scan actuator and support

Dampers, retarder, and timer

Science cover latch actuator

Pyrotechnic control subsystem

PIPS

3A1-3A7 2 7/9/64 1500 5130

2 MC-0 1/27/64 1450 456

16A 1-16A5 2 8/4/64 1305 4680

NOTE: NA Not available

NT Not tested

4A8-4A13,

4A15-4A18

02 8/17/64 675

4A14 6 2/11/64 0 6540

7 2/11/64 0 2112

8 8/19/64 0 4320

9 5/I/64 0 5496

10 11/28/64 0 1896

7AI 002 6/15/64 354 5872

7PS6 2 6/15/64 NA 6150

7ED6 2 5/12/64 380 6360

Total

7C58 004 12/18/64 424 1750 2174

103 12/3/64 540 1437 1977

7HGI 011 5/12/64 400 6775 7175

7PC 8 10/5/64 0 3840 3840

7JVl 2, 4, 7, 32 8/24/64 0 4800 4800

7A2 012 4/1/64 NA 6800 NA

5A MC-TA 4/1/64 537 5815

31A4 C111 11/9/64 NA NA

8111 C126, C104, 11/9/64 NA 2426

C132

31M2 C4, 11/9/64 NA NA

_"-prototype

8AI, 8A2 1003, 1004 8/31/64 430 4544

10A 003 2/10/64 NA NA

Remarks

6630 Ambient pressure and 167°F environment.

1906 Flight temperature and 10 -_ torr environment.

5985 Nonoperating llfe test at flight temperature and

10 _ tort.

5315 Unit operated in flight mode in vacuum and

subiected to temperature cycling from --10 to

+75°C.

6540 Units subjected to llfe test simulating flight

2112 conditions. Each unit operated under different

4320 temperatures ranging from 50 to 100°F, with

5496 one unit following the flight temperature

1896 profile.

6226 Unit operated in 167°F and atmospheric

pressure environment.

NA Unit operated in 75°F and atmospheric

pressure environment.

6740 Unit operated in 75°F and atmospheric

pressure environment.

Units operated in 70°F and atmospheric

pressure environment.

Unit operated in 75°F and atmospheric

pressure environment.

Unit operated for 1038 hr at 165°F and 10 -_ torr.

Additional operations at ambient temperature

and pressure.

6352 Unit operated at temperature from 14 to 167°F

and atmospheric pressure.

NA Unit to be operated at nominal cooling shroud

temperature of -- 131°F and 10 4 torr.

NA Units stored at 131 °F and 10 4 torr.

NA Units operated cyclically at 55°C and 10 "_ torr.

4974

NA

Cyclically activated and stored at 135 to 155°F

and 15 X 10 -3 torr.

Fllght-type system, filled and pressurized to

flight levels, was stored at temperatures

ranging from 80 to 120°F and 1 atm. Unit

removed and fired on 3/12/64 and 6/11/64.

Life test completed after 323 days of storage.
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Table80. Failuresencounteredduringlifetests

Unit

Tape

recorder

Battery

Operating Nature of failure
time

NA Lower than spec-

ified reset

level of the

integrator

monitor signal

NA High bit-error

rate

1370 hr Broken plate

leads in No. 3

cell

5496 hr End of llfe

Canopus 190 hr Short in OSE re-

sensor suited in dam.

(flight aged Canopus

spare) sensor compo-

nents

Remarks Unit Operating Nature of failure
time

Television

The operation of the system CC&S 2700 hr

remained unchanged.

Detailed analysis of the

problem was performed at

the concluslon of the test.

The error rate of the VSS was

acceptable from a Mariner Science cover NA

Mars 1964 mission standpoint, latch

To correct this problem actuator

would have required a rede-

sign of the unit and was not

attempted.

A high-current test prior to llfe Postinjection

test identified cell No. 3 as propulsion

being nonuniform. This test system

was added to the FA test

sequence to detect any defect

in flight batteries. Planetary 1061 hr

scan

Both units were operating at

the elevated temperature of

100°F.

Damaged components were NA

replaced.

Broken wire in

the end counter

magnetic

module

Indication of so-

lenoid plunger

movement

nat received at

brush recorder

2 months i Pressure

transducer

failed

Unit failed to

track

Shutter failure

occurred

9/4/64"

Remarks

Failure was apparently due to

extensive stressing of the wire

during TA shock and vibra-

tion tests combined with

temperature cycling during

life test.

Solenoid was within tolerance.

Microswitch used for end-of-

stroke indication was found

to be out of adjustment. The

switch was part of the test

setup.

All flight systems used rede-

signed transducers in which

this type of failure could not

occur.

The 180°F neon lamps were

damaged when unit was used

with new subsystem checkout

equipment. Lamps were re-

placed and testing continued.

The failure was due to mechani-

cal wear of the shutter from

excessive number of opera-

tions. This was an expected

failure.

"The wearout mode on the shutter was in the solenoid bearing, which became gritty and caused the solenoid to lose net torque output.

NOTE: NA Not available

Ray Telescope TA unit was suspended in the 930-ft 3

reverberation chamber and subjected to 90 sec of 142-db

shaped acoustic noise. The unit was subsequently dis-

assembled and inspected. No failures were detected.

c. Tape deck acoustic test. The purpose of this test

was to verify the adequacy of the spacecraft tape-transport
vibration-isolation system when it was subjected to

acoustic excitation. The tape-transport case, having the

flight-type vibration-isolation system and mass simulated

components, was suspended in the 930-ft :_ reverberation

chamber by elastic cord, and subjected to 90 sec of
142-db acoustic noise.

The vibration levels, recorded by three orthogonal

accelerometers in the case, were of low magnitude and

well within the vibration-test requirements.

d. Solar Plasma Probe acoustic test. To investigate the

acoustic susceptibility of the Solar Plasma Probe, the TA

unit was subjected to 90 sec of an 142-db acoustic field.

The unit was subsequently inspected and no failures

were detected.

e. Solar panel pinpuller shock test. To determine the

effects of explosive pinpuller firing on the Mariner Mars

solar panels, a pinpuller shock test was performed. A

solar panel was mounted vertically by its hinges and

actuator fittings. The panel was fitted with two pin-

pullers and a number of accelerometers. As a result of

the firing of the squibs, it was established that the effects

on the panel were similar to those experienced during the
Mariner II flight to Venus. These tests demonstrated that

the Mariner Mars 1964 solar panels would not be sig-

nificantly affected by the transients associated with the

firing of the pinpullers.

f. Vidicon tube support material evaluation. To deter-
mine the effects of the thermal-vacuum environments on

the mechanical properties of the vidicon-tube support
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material, a series of tests were performed. The first set

of tests consisted of subjecting a simple single-degree-of-

freedom system to a low-frequency sine sweep (1-g-rms

input, 10 to 2000 cps), using the vidicon support material

as the elastic medium, to determine the natural frequency

of the system and its peak response. Following this vibra-
tion test, the material itself was subjected to an FA

thermal-vacuum test, which consisted of a soak in a

vacuum of 10 -_ mm Hg at 32"F for 2 hr and at 131"F
for 40 hr. At the conclusion of the FA thermal-vacuum

test, the system was again mounted on the vibration ex-

citer, subjected to the same vibration test, and then sub-

jected to another thermal-vacuum test using the TA
levels. This last test consisted of a soak in a vacuum at

10 -_ mm Hg at 14*F for 4 hr and at 167"F for 12 days.

At the conclusion of the test the unit was again subjected

to the sine-sweep vibration test.

The response plots for the test system are shown in

Fig. 368. It is evident from a comparison of the curve
obtained before the FA thermal-vacuum test with that ob-

tained afterwards that the environment resulted in a

slight increase in both the resonant frequency and the

peak-amplitude response. Larger changes in resonant

frequency were noted after subjecting the unit to the TA

level thermal-vacuum test, but not with an accompany-

ing corresponding increase in acceleration amplitude.

A tendency of the polyurethane to outgas in the vacu-

um was observed. Approximately 3 g in 70 were out-

gassed as a result of this environment. (The outgassing
was an indication of the effects noted in the vibration

response, considering the fact that changes in the me-

chanical properties of the material existed as a result of

the environment.) The testing was performed at such a

late date in the program that the significance of the out-

gassing and the changing mechanical properties could
not be translated into direct effects on the vidicon cam-

era, although, on the basis of the specific results, it ap-

peared that the performance would not be seriously

degraded.

6. Analysis of Subsystem Environmental Tests

The small quantity of subsystem problems during sys-

tem-level flight-acceptance testing attests to the ade-

quacy of subsystem qualification and acceptance testing.
It is probable that some environmental levels in the

type-approval test schedule could have been lowered for

selected items of hardware without detracting from the

purpose of these tests. The overall failure rate of 7.2%

in TA testing was diluted even further by the inclusion

of 271 tests (32% of total) in environments of dubious

use for design evaluation.

A total of 83 design changes were documented as a

result of problems encountered during environmental

testing. Of the 83 changes, 39 originated at the TA level,

14 at the FA level, and 30 during bench, system, or

vendor environmental tests. The majority of the changes

instituted during FA level testing were due to schedule

slips, which necessitated running FA tests prior to, or

concurrently with,TA tests. On an ideal schedule, the TA

testing would have demonstrated the need for the design

change before flight hardware was fabricated. A perfor-

mance comparison between TA and FA tests in the

two most critical environments (vibration and thermal-

vacuum) is presented in Table 66.

Experience acquired during the Mariner environ-

mental testing program indicates the advisability of

limiting outside, or vendor, testing to those facilities

that have been thoroughly screened and approved by

cognizant representatives of engineering and quality

assurance. Thorough indoctrination of vendor personnel

in applicable test specifications, standard operating pro-
cedures, and reporting systems is a further prerequisite to

reliable test performance and data from vendor sources.

The severe environmental exposure during the TA test

program revealed several design and component weak-

nesses that required redesign or substitution of less vul-

nerable components. Some representative examples are:

1. Encapsulated pellet resistors in the RT DAS were

temperature-sensitive and changed value rapidly at

the high TA temperature of 75"C. A redesign in-

corporated glass-coated pellet resistors.

2. The original television vidicon tube could not sur-

vive TA-level vibration. A highly ruggedized tube

and soft-mounting solved this problem. The camera

also encountered a low temperature problem neces-

sitating redesign of the shutter solenoid bearing.

3. The radio subsystem's original dual-cavity-amplifier

power supply lost voltage regulation at the upper

TA temperature. This problem was resolved by a re-

design using a hybrid (cavity and TWT) amplifier.

4. A redesigned transformer was incorporated in the

Solar Plasma Probe power converter after failure of

the original design during TA thermal-vacuum test-

ing. A number of other changes were incorporated

into the instrument, but time did not permit dele-

tion of the T0-51 package transistors that con-

stituted the most consistent problem area.
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5. The Canopus sensor image-dissector tube experi-

enced failure in vibration similar to the TV vidicon,

until a ruggedized tube was developed.

6. A number of structural elements, including the solar

panels, required modification after STM or PTM

vibration testing failures.

7. A number of electronic part failures were observed

during TA testing. Most of these are considered to

have resulted from infant mortality since no failures

were observed in the several instances after part

replacement. Preaceeptance screening was effective

in reducing part failures to a minimum during the

testing of flight hardware.

Documentation of all waivers or deviations from speci-

fication test requirements was a project requirement. The

greatest percentage of waivers appeared in the areas in

which the least informative environments (in the area of

design evaluation) were a requirement; i.e., transporta-

tion vibration, explosive atmosphere, package drop, and

static acceleration. Transportation handling and humid-

ity testing were waived on the basis that the subsystems
involved would not see these environments. The remain-

ing waivers were minor variations in procedure or per-

mission to proceed with testing prior to release of an

approved unit test specification.

C. Miscellaneous Qualification and

Developmental Testing

During the Mariner Mars 1964 program, many special
developmental and qualification tests were conducted to

prove the feasibility and adequacy of the spacecraft

mechanical hardware. In addition to the PTM, four test
spaceframe structures were fabricated. These were:

1. The structural test model, which was composed of

mass and structural simulations of all spacecraft

components including electrical cables. The STM

was used primarily for the structural qualification
tests of the basic structure.

g. The temperature control model, which was com-

posed of thermal mockups of all critical spacecraft
items. All external surfaces and thermal shields were

flight equivalent. Electrical resistors were mounted

on unweighed electrical component mockups. The

TCM was used primarily for the first series of

space-simulator tests.

3. The developmental test model, which was a struc-

tural simulation of the flight spacecraft structure. It

was composed of mass mockups of all structurally

°

critical spacecraft items. It was primarily used for

LMSC structural vibration qualification tests. It

could also have been used as a backup qualification
structure in the event of an STM structural failure.

The extra test model, which was composed of a

basic octagon structure ballasted to the proper

boost weight and moment of inertia. It was used

for LMSC Agena/spacecraft separation tests and
other interface tests.

These prototypes were used in most of the mechanical

tests. The developmental spaceframe schedule (Fig. 369)

contained a summary of the test spaceframe use.

In addition to the spaceframe tests, many develop-

mental tests using prototype and test hardware were per-

formed. These tests were used to confirm analyses, to

verify problem solutions, and to gather critical informa-

tion essential to project success.

1. Spacecraft Structural Tests

Three basic tests were conducted on the composite

STM spacecraft: a static test, an initial vibration test,
and a final vibration test.

a. Static test. The objective of the static test was to

demonstrate the structural integrity of the spacecraft/

adapter interface at an early date in the program. The

tests were conducted in two phases.

Phase I. Phase I consisted of a V-band/spacecraft lower

structure proof test. This test demonstrated the capabil-

ity of the spacecraft/adapter interface and spacecraft

lower structure to support the loads induced by the
V-band.

Phase H. Phase II consisted of an ultimate shear and

overturning moment static test. This test demonstrated the

structural integrity of the primary structure, adapter, and

separation system to sustain the design load environment.

A secondary objective of the test program was to

establish the stiffness characteristics of the spacecraft

adapter. Of major concern was the character of the radial

stiffness and its influence on matehmating or separation.

The test vehicle subjected to both Phase I and Phase II

was the complete basic octagon structure with electronic
assemblies installed and a structural LMSC spacecraft

adapter. The solar panels, low-gain antenna, high-gain

antenna, and superstructure were not included. The mid-

course motor was simulated by the use of a substructure
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and a simulated PIPS thrust plate. A simulated central 
torque tube, the upper and lower bearings, and a split 
bearing cap simulated the science platform. The LMSC 
adapter included only the primary adapter structure and 
the spacecraft ejection springs. 

Figure 370 shows the general setup and fixtures used 
in Phase 11. The STM adapter test specimen was 
oriented in the static test jig so that loads could be ap- 
plied in any of five lateral directions. Loads were applied 
to the specimen through a 10,000-lb-capacity hydraulic 
jack and the special loading plate attached to the top of 
the bus. Load monitoring was accomplished through a 
5000-lb-capacity load cell. A detailed mechanical inspec- 
tion was performed on the adapter prior to its installation 
on the STM. 

The critical load condition to which the Phase I test 
was performed was a nominal V-band strap tension of 
2600 lb and an overtest to 125% of the nominal load 
(3250 lb). The critical environmental load condition to 
which the Phase I1 test was performed was a limit load 
of 4 g lateral and 1 g axial. These loads were applied at 
the spacecraft boost configurationCG(22.50 in. above the 
separation plane and 1.50 in. off the spacecraft roll axis). 
Load-level magnitudes were: 

Ultimate loads 
Limit loads (125g of limit 

load) 

Lateral 2280 lb 2850 lb 

Axial 570 lb 570 

Overturning 51,000 in./lb 63,500 in./lb 
moment 

In  addition to the loads defined, a 2600-lb design 
preload existed in the V-band strap as well as an 80-lb 
ejection spring force in each of four springs. These pre- 
loads were both limit and ultimate values in the tests. 

The instrumentation for both test phases consisted 
almost entirely of strain gauges widely dispersed through- 
out the spacecraft and adapter. The strain gauges used 
in these tests were foil gauges. Data from sources other 
than strain gauges were obtained from linear potentiome- 
ters, thermocouples, force links, and the load cells. An 
automated digital readout data system was used to col- 
lect all of the information and to permit rapid raw-data 
reduction for computer programming. Accuracy of the 
instrumentation system was estimated to be *5%. 

Fig. 370. Static test setup 

These tests demonstrated the capability and integrity 
of the spacecraft lower bus structure, adapter, and 
separation joint to readily support the stresses and de- 
formation induced by the V-band and the design load 
environment. An evaluation of the on-site test data, a 
visual inspection of the vehicle after the tests, and sub- 
sequent assessment of the pertinent strain gauge data 
indicated that the structure sustained the ultimate load 
conditions without permanent set, excessive stresses, or 
damage. 

b.  Initial spacecraft structurabvibration test. Develop- 
mental vibration testing of the structural test model was 
conducted in December 1963, and was concluded be- 
cause of a structural failure of a substandard solar panel 
structure. Qualification vibration testing of a modified and 
more complete STM was conducted in February 1964. 
The objectives of this test were to determine: 

1. The dynamic response characteristics of the STM 

2. The adequacy of the primary structure and the 
structural components when subjected to structural 
qualification dynamic loads 

for input loads 

3. The adequacy of the environmental vibration speci- 
fication on the spacecraft, particularly in the low- 
frequency range 

The STM was mounted on the ?Mariner/Agena D 
adapter, which, in turn, was mounted to the appropriate 
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vibration fixture for torsional excitation, for excitation 
parallel to the roll axis, and for excitation in two other 
orthogonal directions. A typical test setup is shown in 
Fig. 371. Sinusoidal excitation from 5 to 35 cps was 
accomplished with an electrohydraulic vibration exciter. 
Electromechanical vibration exciters were used for exci- 
tation of frequencies above 35 cps. All vibration testing 
was conducted at the JPL environmental test laboratory. 

For the low-frequency (5 to 150 cps) structural devel- 
opmental and type-approval testing, peak control was 
used because of tighter maximum load control. For the 
high-frequency (150 to 2000 cps) and complex-wave por- 
tion of the test, quadratic-mean control was used because 
input of this type is more symbolic of equal energy dis- 
tribution. Six control accelerometers were equally spaced 
on the diameter of the vibration exciter fixture at the 
adapterhibration fixture interface. 

Input and response acceleration was measured with 
piezoelectric-type accelerometers. Dynamic strain in the 
test structure was measured with strain gauges. The 
strain gauges on the solar panel dampers were wired and 
calibrated to read load directly. All measurements were 
recorded on magnetic tape. Detailed instrumentation 
location was given in instrumentation data sheets. Dy- 
namic deflection of the solar panel tips was measured 

Fig. 371. Overall STM vibration test setup 
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photographically with a high-speed movie camera syn- 
chronized with strobe lights. A grid pattern was super- 
imposed on the film by means of a split-image technique, 
thereby providing direct visual measurement of the solar 
panel tip excursions. Tension in the V-band was moni- 
tored and recorded before and after each forced- 
vibration test. 

Structural qualification vibration loads were applied 
to the STM. Low-level sinusoidal sweeps were made 
prior to each TA test. The response of pertinent parts of 
the test structure was evaluated from direct-write plots 
before running the test at full level. 

The initial STM developmental vibration tests were 
to determine response data and to perform preliminary 
qualification tests on various structural elements. The 
interpretation of the test data was complicated by 
the strongly nonlinear behavior exhibited by several 
elements of the spacecraft. This was particularly evident 
in: (1) the solar panel boost dampers; (2) the bladder 
fuel sloshing in the PIPS; (3) the backlash in the scan- 
platform bearings when the friction load was overcome. 

Reduced response information for the PIPS propellant 
tank during the most critical Z-axis low-frequency test 
showed that the resonant peak occurred at 108 cps. This 
appeared only on the unfiltered plot, which indicated 
that an input at 108 cps excites a response at a different 
frequency (54 cps). The PIPS successfully completed the 
test. 

Response information for the high-gain antenna is 
shown in Fig. 372. Additional response information was 
obtained for the Canopus sensor, the science platform, 
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and the adapter. These data were used to check the

analysis of the structural elements and to provide

the basis for the determination of improved component-
vibration specifications.

The STM successfully demonstrated its ability to with-
stand structural qualification vibration loads with the

exception of a few high-frequency failures of some spot

welds on the upper cable trough. These were attributed

to poor fabrication control.

c. Final spacecraft _raI vibration test. A com-

plete series of tests was conducted on the STM after

several hardware modifications. This test qualified most

of the structural hardware. The test was a repeat of the

preliminary vibration test. The test objectives were:

. To obtain additional structural response information

with respect to the design changes in the spacecraft

structural elements, and to acquire further data on

the relationship between structural response and

pressure in the midcourse motor propellant tank.

, To improve confidence in the modified test specifi-

cations of critical components relative to the STM

environment. Specifically, better transducer cover-

age was used in critical areas and actual hardware

was included in place of mockups to give a more

realistic and informative picture of the response of

the TV and Canopus sensor.

. To qualify the complete structure, including those

items that were modified or added after the pre-
liminary test.

The test setup, instrumentation, and loads were essen-

tially the same as for the initial spacecraft structural-

vibration test. The interpretation of the test data indi-

cated that the dynamic response characteristics of the

Mariner spacecraft were very similar to the results ob-

tained during the preliminary test, except for the fully
pressurized condition of the PIPS fuel tank.

The structural response characteristics of the propul-

sion system were extremely sensitive to propellant tank

pressure. There was dynamic coupling between the pro-

pulsion system and other spacecraft elements, so that in

some modes the response of the entire spacecraft was a

function of propellant tank pressure. For maximum pro-

pellant tank pressure, the most critical Z-axis low-

frequency test data indicated a higher dynamic response
for a comparable input level.
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Figure 373 illustrates the total vector response of the

PIPS fuel tank for various fuel tank pressures due to a

type-approval level vibration input to the spacecraft.

Excitation to the spacecraft was 2.0 g in the axial direc-

tion; the frequency of the fundamental mode was 55 eps.

These phenomena are characteristic of dynamic fluid
motion in a bladdered tank.

Because of the damper nonlinearity, different response

characteristics were observed in the upsweeps and down-

sweeps. These test results confirm the adequacy of the

solar panel damper vibration test specification and

design.

Sufficient vibration testing of the STM was performed

to demonstrate the structural integrity of the test vehicle

subjected to the most severe test conditions.

The following failures occurred during the testing:

,

.

A solar vane deployment mechanism bracket (re-

jected flight hardware), which had undergone

previous STM testing, failed during lateral low-

frequency vibration. It was replaced for the remain-

ing tests, and the failure was attributed to fatigue.

The omnidirectional antenna support bracket, which

had undergone previous STM testing without dam-

age, developed a crack through the bracket and

doubler during axial low-frequency vibration. A dou-

bled bracket was installed for the axial high-

pressure tests.
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3. Inspection of the STM following the test sequence 
revealed several failures at the tie-down locations 
of the upper cable trough. These failures were 
attributed to improper fabrication methods that 
were accentuated by fatigue. 

Aside from the fatigue failures noted above, the STM 
successfully withstood structural qualification vibration 
loads in the most critical test configuration. A supple- 
mentary test was conducted late in the program to verify 
the adequacy of the revised and additional hardware that 
were fabricated late in the program. 

Several improvements were incorporated in the 
Mariner Mars dynamic test program over previous test 
programs. A special load control circuit was developed 
for the STM tests by the environmental test laboratory. 
The unique features of this control circuit were its capa- 
bility of controlling the acceleration input to the test 
structure from six discrete control points, and automat- 
ically switching to a constant magnitude force control if 
the maximum vibration exciter output force exceeded a 
preset value. Using the six point acceleration control, two 
different methods of acceleration monitoring were used: 

1. Peak control, which, instantaneously sensing the 
outputs of all six control accelerometers simulta- 
neously, selects and controls from the transducer 
with the maximum output signal 

2. Quadratic-mean control, which controls from the dc 
signal obtained from the square root of the sum of 
the squares of all six transducer signals 

2. STM Testing 

a. Basic structure static test. The structure for this 
static test (Fig. 370), which was composed of the STM 
basic octagon structure, STM ballasted electronic chassis, 
attitude control gas-bottle support structure, and PIPS 
support structure, was mounted on the Mariner/Agenu D 
adapter, which, in turn, was bolted to a rigid foundation. 
The test specimen was oriented in a static test jig so that 
loads could be applied in any of five lateral directions to 
the spacecraft roll axis. Loads were applied with hy- 
draulic jacks to the specimen through a loading fixture. 
Test loads were monitored on load cells. 

Instrumentation in all phases of the test consisted 
almost entirely of strain gauges widely dispersed on the 
spacecraft and adapter. The strain gauge outputs were 
recorded on punched-paper tape storage for computer 
programming. 

This test demonstrated the capability of the spacecraft 
basic structure, adapter, and separation joint to support 
the stresses and deformations induced by the V-band and 
by loads in excess of the design load environment. 

b. Vibration qualification test. The structural test 
model was mounted on the Mariner/Agena D adapter, 
which, in turn, was mounted to the appropriate vibration 
fixture for torsional excitation, for excitation parallel to 
the spacecraft roll axis, and for excitation in two other 
orthogonal directions. Electrohydraulic vibration exciters 
were used for low-frequency sinusoidal excitation below 
35 cps, and electromechanical vibration exciters were 
used for higher-frequency harmonic and random noise 
testing. Input and response acceleration was measured 
with piezoelectric-type accelerometers, and dynamic 
strain was measured with strain gauges. All instrument 
measurements were recorded on magnetic tape for ease 
of data reduction. 

The interpretation of the test data was complicated 
by the strongly nonlinear behavior exhibited by several 
elements of the spacecraft. This was particularly evident 
in the solar panel boost dampers, the bladder fuel slosh- 
ing in the PIPS, and the backlash in the scan platform 
bearings when the frictional load was overcome. 

c.  Modal suruey. The complete structural test model, 
in which point dampers were replaced with solid links, 
was mounted on the Mariner/Agenu D adapter, which, in 
turn, was mounted to a rigid foundation (Fig. 374). 

Fig. 374. Modal survey test setup 
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Excitation necessary to stimulate the normal modes of

the test structure was provided by several small portable

electromechanieal vibration exciters. Frequencies and

mode shapes of the test model were measured with small
movable accelerometers.

An estimate of structural damping was derived from
logarithmic decrements for the well defined modes. No

well defined normal modes exhibiting gross vehicle mo-

tion were excited below 150 cps; however, the normal

modes involving the motion of structural assemblies were

surveyed. These mode shapes and damping were used

for iteration of the structural analyses.

d. Acoustic tests. The objectives of the STM acoustic

tests were (1) to subject the STM spacecraft to the PTM-

type test in preparation for testing the PTM, and (2) to

measure the acoustic transmission loss of the flight-type
shroud.

The STM configuration for the pre-PTM acoustic test
was identical to that of the PTM acoustic test. The

spacecraft was placed in the JPL 930-ft _ reverberation

chamber on an isolated dolly and subjected to a 142-db

reverberant acoustic field. The STM configuration for
the flight-type shroud transmission loss test was identical

to that of the DTM acoustic test. The spacecraft was

encapsulated in the shroud and mounted to a 3-ft portion

of the Agena D forward equipment.

The shroud acoustic transmission characteristics dif-

fered widely from those measured during the DTM test.
The differences were partly due to the difference in

shroud design and partly due to the sensitivity of the
setup configuration on the results.

e. EMI group tests. The STM was used for three EMI

group tests. In the first test, the STM was used in the

measurement of the shroud attenuation to a broad range
of frequencies. The second test was to determine the RF

coupling into the spacecraft from the Agena telemetry

and C-band beacon systems. The third test was a high-

voltage test to investigate the breakdown of accumulated

charge on a spacecraft shroud.

The objective of the shroud attenuation measurements

was to examine the RF shielding characteristics of the
flight model shroud in the frequency range of 10 to

10,000 Me. These data were necessary for evaluation of

the susceptibility to RF fields of the flight-configuration
spacecraft.

It was found that the shroud offered a nominal RF

attenuation of 35 db across a frequency range of 100 to

10,000 Mc. Below 100 Mc, a resonant-cavity effect with-

in the shroud cavity became apparent. The insertion of

the STM spacecraft mockup caused a shift in the fre-

quencies at which resonances appeared, as compared to
the earlier shroud attenuation test that did not use a

spacecraft model.

In the RF simulation test of the PTM during the sys-
tem test performed in February 1964, it was discovered

that the data encoder and the OSE precision coupler

power readout were susceptible to the Agena telemetry

RF power-density level. The value that was used for
this test had been established from levels derived from

Ranger tests. After the interference was noted there was

doubt that the level taken from the Ranger tests was

applicable to a Mariner Mars 1964 configuration. The

difficulty in calculating this level was caused by the un-

known near-field effects of the RF energy coupled into

the spacecraft from the Agena antenna. The test was run

to establish a simulation level that would be applicable to

the configuration of the Mariner and the Agena forward

section. It was decided that the RF level contributed by
the Agena C-band beacon would also be determined in
this test.

As a result of the test, the Mariner Mars 1964 RF

power-density level from the Agena telemetry source
was determined to be + 19 dbm/m 2. The level for the

C-band beacon was determined to be approximately

+1.5 dbm/m 2 peak pulse power and -28 dbm/m _ aver-

age power. It was determined that the Agena telemetry

Yagi simulation antenna should be in a horizontal posi-
tion, and that the C-band beacon simulation horn an-

tenna should provide vertical polarization. These antenna
orientations were used in all EMI simulation tests. The

reduced Agena telemetry RF level was used in flight
spacecraft tests; the C-band beacon RF level was left

unchanged.

f. Low-speed (handling) impact tests. During Cape

Kennedy operations with the MC-3 spacecraft, a number

of hoisting cranes malfunctioned during normal opera-

tions such as (1) mating of the spacecraft to its work

fixture (U-ring); (2) lowering of the shroud onto the

adapter; and (3) lowering the spacecraft protective cover

onto the U-ring while the spacecraft was installed. The

net result of these malfunctions was that the spacecraft

experienced abnormal impact transients of unknown

magnitudes. Measurements of the actual crane lowering
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speeds were made, which resulted in reasonable esti-

mates of the most severe impact velocities.

To demonstrate integrity of the flight spacecraft for

these events, the structural test model was subjected to

a set of low-speed impacts onto a U-ring in the environ-

mental test laboratory. It was estimated that of all the

instances of malfunctioning cranes, the most damaging

would have been the direct impact of the spacecraft onto

the U-ring. For this reason, the other incidents were not

simulated. The tests performed on the STM consisted

of nine controlled impacts of the spacecraft onto the

U-ring. Four impacts were conducted at approximately

0.8 in./sec vertical sinking speed and five impacts at

approximately 2.4 in./sec. An estimate of the impact

speed experienced at Cape Kennedy was 2.25 in./sec.

The STM was instrumented with approximately 30

accelerometers in locations similar to those employed on

earlier PTM shock tests (V-band, pyrotechnic firings).

The data from these accelerometers were recorded on tape

for each run and were analyzed using both high-speed

oscillograph playbacks and shock spectra. High-speed mo-

tion pictures were also taken during each impact.

The suspected configuration of the STM for each im-

pact was such that spacecraft feet A and H were approxi-

mately 5/8 in. lower than feet D and E, which were
opposite them.

An evaluation of the data indicated that the most

severe impact was experienced during the fourth test at

2.4 in./sec, at which time the STM impacted the U-ring
with the spacecraft feet somewhat off-center relative to

the U-ring feet. The data on the accelerometers of in-

terest indicated that the transient experienced was less

severe than similar transients experienced by the PTM

during the pyrotechnic firings. The spacecraft flight

transducer recorded a maximum transient response of

17 g (zero-to-peak), compared to 155 g (zero-to-peak)

from V-band release, with comparable frequency spectra.
On the basis of the test performed, it was concluded that

of the incidents experienced at AFETR none was as

severe as the shock due to V-band release. Since the

spacecraft design had been demonstrated to be com-

patible with that particular environment, there was no

reason to believe that the MC-3 vehicle was degraded
by these incidents.

g. Shroud cavity purging tests. To provide proper

environmental control for the spacecraft during prelaunch

operations, a dry-nitrogen purge was provided for the

spacecraft when it was encapsulated by the shroud or

storage container. The test objective was to demonstrate

the capability of the purge system to adequately purge the

spacecraft when it was encapsulated by the shroud.

The test procedure was to purge the shroud cavity

using the portable purge control unit until a low dew

point (between -15 and +10°F) was achieved at the

lower shroud system purge fitting. At that time, the

purge was stopped and the increase in dew point was

monitored for a period varying from 5 to 25 hr.

Gas leakage through the test shroud prevented a high

enough pressure buildup under the shroud to permit use

of the dew-point indicator on the portable purge control

unit. However, it was possible to consistently maintain a

dew point less than + 15°F for periods greater than 5 hr

after the purge had been stopped even with the excessive

shroud leakage.

h. Solar panel deployment tests. The objective of this

series of tests was to observe the solar panel actuation

system, including the solar panel release with "live"

squibs and the opening and latching sequence. Although

each subsystem had been tested individually, it was

thought that a complete system test would be advan-

tageous.

The STM was mounted on the spacecraft positioner,

and oriented so that the roll axis was horizontal (Fig. 375).

Two panels were mounted on opposite sides of the octa-

gon with their hinge axes vertical. The other two panels

were not used because of the difficulty in simulating
zero acceleration condition.

In the first tests, the deployment system did not func

tion properly, although the pyrotechnics worked as de

signed; subsequent tests eliminated the pyrotechnics. Th_

deployment problem was simply that the panel deploy

ment spring torques did not equal the sum of the resist

ing torques. Each element was performing to its specific(
requirements, but the problem was the incompatibilit3

of the requirements rather than substandard operation o

any unit. The retarder was reworked (the rewind sprin f

replaced with a ball detent) and the solar panel:

spring torques increased to 40.0 in.-Ib over the origina

25.0 in.-lb. A complete second series of tests was per
formed successfully on the STM.

Tests were also performed without the central retarde

in the system and the results indicated a high probabilit

of success if the cruise dampers and latches were redo

signed. Hardware was designed and fabricated, and tesl
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Fig. 375. Solar panel deployment test setup, solar panels undeployed 

were initiated on a special mount (not the STM) to prove 
the design concept. This design became the prime sys- 
tem with the retarded system acting as a backup. 

Over 33 detailed functional qualification tests of the 
free-fall deployment system were conducted. The test 
series in1,estigated the several deployment system param- 
eters as well as the structural response of the solar panels 
for a range of significant spacecraft and deployment 
system conditions. These conditions invoh-ed such vari- 
ables as abnormally high spacecraft pitch/yaw separa- 
tion rates and/or malfunctioning deployment springs. 

i. Scan platform bearings. The ability of the scan plat- 
form to provide a reasonable environment for the instni- 
ments during boost was the subject of some concern 
prior to testing of the SThl spacecraft. Dynamic gains 
through the bus structure, across the bearings, and into 
the cantilevered mount were not thoroughly understood 
from analysis because of the nonlinear response of bear- 
ing clearance. 

However, vibration testing indicated that bearing 
clearance was not a large contributor to the overall gain 
of the system but,in fact,provided a certain degree of 
attenuation at higher frequencies. No failures in the 
platform structure occurred during any series of tests, 
and it was concluded that a satisfactory environment 
was achieved for the science instruments. 

Inspection of the sleeve scan bearings after conipletion 
of the first series of SThl type-approval tests indicated 
on1)- a slight change in appearance to that of a well- 
burnished bearing, an accompanying increase in radial 
clearance of 0.001 in., and no increase in end play. 

3. TCYI Testing 

a. Space simulator test. The objectives of the tempera- 
ture control model test program were: 

1. To verify the adequacy of the basic thermal-design 
philosophy 
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2. To empirically establish (in conjunction with analy-

sis) spacecraft surface preparation and thermal-

shield configuration commensurate with required

temperatures and temperature ranges for all antici-

pated flight conditions

3. To investigate thermal perturbations on the space-

craft resulting from the midcourse maneuver

Temperature control model testing was performed in

the 25-ft space simulator at JPL. The TCM was physi-

cally supported by cables within the chamber test vol-
ume. Solar simulation was provided by mercury zenon

lamps and an associated optical system. Light intensity

was regulated by a thermopile monitor located above the

TCM. During the test, the vacuum chamber was main-

tained at a pressure less than 10 '_mm Hg. Pressure with-

in the bus cavity was monitored by a vacuum gauge and

ran only slightly higher than the chamber. The liquid-

nitrogen-cooled shroud within the chamber was held

near -270 °F. Temperature measurements were taken by

175 Chromel-Constantan thermocouples. Electrical re-

sistance heaters, in lieu of electronic equipment, were

used on the TCM to provide heat. Heaters were also used

in some areas to simulate solar heating.

Ten separate tests, comprised of 35 test modes, were
conducted with the TCM in three different Sun attitudes

and at Earth and Mars solar intensities. Changes were

made after each test as required by the measured tem-

perature distribution.

At the completion of the TCM testing, temperatures

were within tolerance for all flight modes. In addition,

adequate margins were provided to allow for uncertain-

ties. It was anticipated that the flight spacecraft would

be thermally identical to the TCM. However, changes to

the spacecraft after the TCM tests resulted in spacecraft

temperature changes. These, in turn, required modifica-
tion of the louver locations and of the thermal-shield

design. The final flight thermal configuration was based

on flight-spacecraft space simulator data.

b. Stray-light reflectance tests. It was essential that

the spacecraft attitude control optical sensors not be

affected by stray reflected light. The Canopus sensor and

Earth detector were the two sensors most likely to be

susceptible to scattered light. The geometry of the space-

craft and the sensors' locations was such that nothing
could physically block the sensor or detector field of

view. However, it was possible for stray reflected sun-

light outside the field of view to enter the sensor baffle

cavities and impair the sensors' performance.

A test was conducted using developmental solar panels

and solar vanes to determine the effect of stray light on

the Canopus sensor. This test was performed in the celes-
tial simulator facility using a carbon-arc lamp as a light

source. Light intensities were measured with a visual

response detector (spectra spot meter). Results from the
test confirmed the existence of the stray light problem

and the fact that further exploration with a complete

spacecraft would be required to resolve it.

After reviewing the configuration requirements and

spacecraft schedules, the temperature control model was

chosen for the initial spacecraft reflectance tests for the

following reasons:

1. It represented the external configuration and sur-

face finishes required for a meaningful test.

2. It was a full scale model built with flight-type hard-

ware (less, primarily, the internal electronics).

3. Its weight was about half that of the flight space-
craft.

Spacecraft preparation for this test included Sun

shades and finishes necessary to eliminate stray light

reflections as determined from engineering layouts. Be-
cause of uncertainties in the area of temperature control

shield hardware, several different configurations were

included in the test plan, specifically the use of louvers

or polished shields in prime areas of concern. Final in-

spection of the spacecraft on the fixture included check-

ing the deployed position of panels, vanes, dampers,

correct exterior cabling, clamps, plumbing, shades, and

thermal shield installation. The geometry of the space-

craft and sensors' locations indicated that only two solar

panels and the hardware adjacent to the sensors' posi-
tions could affect their operation. In this respect, only

two solar panels were used and little concern was given

to the area 180 deg from the sensors' look angles.

The handling and positioning problems were much the

same for the TCM as for a flight spacecraft. Lifting and

positioning techniques had been previously developed,

but an adequate spacecraft mounting fixture for this test

had to be procured. Hanging the spacecraft by cables
was ruled out because of limited overhead crane capa-

bility and the potential disturbances caused by the air

conditioning in the building. A triangularly shaped

three-wheeled dolly of geometry within the shadow of

the spacecraft was found to meet the requirements. This

method of support allowed simple positioning of the

spacecraft to accommodate the Sun source. Figure 376
shows the PTM test configuration; the TCM test setup
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Fig. 376. Spacecraft setup for stray light reflectance test 

was identical. The area around the Canopus sensor was 
accessible for positioning a camera or photometer and 
for a visual inspection from the sensors’ location. 

The first part of the test consisted of moving the 
spacecraft under the simulated Sun to illuminate a por- 
tion at a time until the entire area in question had been 
visually inspected for stray light. Because the human eye 
is very sensitive to light, it was a good instrument to use 
for initial problem area definition. This portion of the 
test uncovered obvious unacceptable light sources, which 
delayed the use of a more exact photometer reading until 
hardware corrections could be made. The use of photo- 
graphs to document findings was helpful in designing 
the fixes that were necessarv. 

In subsequent tests on the TCM, and finally on the 
PTM, photometric measurements of the illumination on 
the Canopus sensor and Earth detector yielded satisfac- 
tory results. These results indicated a safety factor of 5 
for the Canopus sensor after light source corrections for 
color and intensity. 

The reflectance tests proved to be necessary for the 
assurance of proper operation of light-sensitive sensors. 

Although seemingly isolated from this type of interfer- 
ence on the spacecraft, engineering layouts fell short of 
predicting primary and secondary reflected light sources. 
Known light-reflecting capabilities of individual parts 
were of little value when they were joined in the final 
assembly of the spacecraft. The individual components 
formed a complexity of surfaces that were complemen- 
tary in forming the stray-light problem. The results 
yielded conclusive evidence of the necessity for testing 
and the need for a more subjective look at sensor de- 
sign and location for future spacecraft configurations. 

c.  Prelaunch spacecraft cooling tests. The prelaunch 
cooling system reduced spacecraft temperatures to ac- 
ceptable limits at the time of launch. The system used 
for the Mariner Mars 1964 program consisted of a cool- 
ing blanket placed over the shroud through which cold 
air was forced. The spacecraft cavity was cooled by con- 
duction through the shroud. 

The cooling system tests, performed at the LMSC test 
facility at Moffett Field, used an air conditioning system 
similar to that used at the Cape, a test shroud and 
adapter, and the complete TCM spacecraft. Two series 
of tests were performed. The first series of tests was per- 
formed using a Styrofoam cooling sheath in lieu of the 
cooling blanket. The tests were repeated with the cooling 
blanket replacing the cooling sheath. 

The test results indicated a marginally acceptable 
capability to keep the ambient gas temperature under 
the shroud to between the required 40 to 65°F at launch 
with a specified inlet air temperature. 

d.  Solar pressure cane thermal tests. This test series 
was performed in order to determine the preinjection 
thermal-vacuum en\-ironment effects on a folded vane. 
A TC\l solar panel was fitted with solar vane hardware 
and placed in the space simulator with the back side of 
the panel facing the Sun. The panel temperature was 
maintained at 240°F to duplicate actual parking orbit 
conditions. The simulator was then returned to am- 
bient conditions and opened. The vane partially opened, 
but some of the 1/4-mil mylar had bonded together where 
the dacron “scrim” had been placed. (Scrim is a 2 X %in. 
pattern of dacron thread bonded to the mylar to prevent 
the propagation of tears.) 

,4 second test was performed on this same vane. The 
vane was refolded and placed alone in the 6 X 7-ft 
vertical vacuum chamber. KO solar simulation was used 
but the internal shroud temperature was held at 240°F 
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for several hours. The chamber was returned to ambient

conditions and opened. The vane would not open this

second time when released. Again the adhesive had

bonded the mylar together. It was noted, however, that

the mylar did not bond in the immediate area of the

framework; the framework was thermally sluggish and

it held the mylar temperature below the softening tem-
perature of the adhesive.

With the results of these tests, it was decided to elim-

inate the scrim and use thicker mylar, which also

eliminated the troublesome adhesive problem. Tear tests

were performed on various samples of mylar to determine
the proper thickness. It was found that 1-mil unscrimmed

mylar had essentially the same resistance to tearing as
the Ua-mil scrimmed mylar. In these tests, a tear was

started by cutting into the mylar with scissors. A force
gauge was then used to determine the amount of

force required to propagate the tear.

A second vane was recovered with 1-mil mylar and

refolded. The vane was placed in the 6 X 7-ft vertical

vacuum chamber with the chamber shroud temperature

at 240* F. The vane was released but did not open. Visual

inspection revealed that the mylar had melted slightly

at that temperature and stuck to itself. It also appeared
that the mylar had shrunk in area by about 10_..

At that point, it was decided that mylar would not be

an appropriate material, at least on the panel pointed at

the Sun during the parking orbit (Bay III). Teflon, be-

cause of its better resistance to heat, was placed on the
Bay III vane. In addition, it was folded so that the teflon

side rather than the aluminized side faced outward.

A high-emissivity surface would also reduce the vane

temperature.

Testing of this vane in the vacuum chamber at 240°F

indicated it would open properly. Mylar was retained for
the other three vanes, because of the black back-side

requirement imposed by the Canopus sensor. All of the
vanes, however, were folded like the teflon vane so that

the high-emissivity surface was exposed. In this type of
folded configuration and with their position on the

spacecraft away from the Sun during the parking orbit,
the maximum expected temperature was 200°F. Tests

were again performed in tile vacuum chamber on this

configuration with a shroud temperature of 200°F. No

problems were encountered with the vane opening.

The last thermal-vacuum test was performed to ascer-
tain the effect of the all-metal shroud on the vanes. The

inner lining of the metal shroud reached a temperature

of about 400°F because of the aerodynamic heating on

the outside skin. A test was performed in which a folded

vane was held 3.0 in. above a flat aluminum plate in the

30-in. horizontal vacuum chamber. The plate was heated

to 4500F and held there for 30 min; the rest of the

internal shroud was at ambient conditions. After the test,

the vane opened properly.

4. DTM Testing

a. Simulated midcourse interaction test. Early in the

design of the Mariner Mars 1964 spacecraft, it became

apparent that the complicated structural and geometric

relationships between the spacecraft and its autopilot

system made accurate analysis of their interactions very

difficult. Complete analysis would have required more

man hours of work than were available, so it was sug-

gested that a test be performed to verify proper autopilot

operation. This autopilot verification test series had to

be completed long before the PTM spacecraft was avail-

able, so that any autopilot problems discovered could be
solved and the hardware modified in time for the build-

up of flight spacecraft. Two corollary objectives of the

test series were: (1) determination of allowable variations

in the damping coefficient of the solar panel cruise

dampers, and (2) determination of the heat pulse from

the midcourse motor firing.

The test series was approved and then executed using

the DTM which was mass-ballasted to simulate flight

moments of inertia and center of gravity, and which

had a prototype autopilot, a gyroscope package, a mo-

tor firing pyrotechnics package, and a midcourse motor
mounted in the bus.

The test required that the spacecraft be suspended in
a large vacuum chamber in such a manner that it simu-

late the six degrees of dynamic freedom it would have

floating in space. The spacecraft, suspended in that way,
was then commanded to execute a mideourse motor

firing. The resultant behavior of the spacecraft and auto-

pilot were monitored via camera coverage and hard-lined
oscillograph readout.

One of the main difficulties in executing this test was

suspending the spacecraft in such a way that its six

degrees of rigid body freedom were unrestricted. The

suspension system developed was composed of an on-

spacecraft gimbal system, permitting two degrees of

rotational freedom, and a long pendulum, which allowed
the third degree of rotational freedom and two degrees
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of translational freedom. The third degree of transla- 
tional freedom (vertical rise) was provided by a counter- 
weight and pulley system, which was isolated from 
spacecraft structural resonances by a very soft spring in 
the pendulum cable. One final problem in the design 
of the spacecraft suspension was that of arresting the 
spacecraft’s flight after it had been allowed to accelerate 
freely through the 30-ft stroke of the suspension system. 
This problem was solved by constructing the suspension 
counterweight of long chain sections. Thus, as the space- 
craft neared the ceiling of the vacuum chamber, the 
countenveight chain would begin to pile up on the cham- 
ber floor, lightening itself, absorbing energy, and stop- 
ping the spacecraft’s flight. 

This test required the use of a very large vacuum cham- 
ber; the 6043 diameter spherical chamber at Langley 
Research Center, Virginia, was the most desirable. The 
spherical tank provided plenty of room for lateral swing- 
ing of the spacecraft and also provided a desirable 
geometry for the installation of a rocket blast diffuser 
(Fig. 377). This diffuser (after some developmental modi- 
fications in early firings) efficiently reduced the high 

Fig. 377. Simulated midcourse interaction test 
blast diffuser 

Mach number flow from the motor nozzle to a gentle 
backflow out of the diffuser and along the walls of the 
vacuum chamber. Proper design of this diffuser was 
extremely important in preventing the gas swirl in the 
chamber from creating undesirable disturbing torques 
that would act on the spacecraft. 

The results indicated that the autopilot system could 
control the spacecraft during the propulsion sequence. 

b. Acoustic test. The two objectives of the DTM 
acoustic test were (1) to determine the responses of 
selected spacecraft locations when subjected to a high- 
level acoustic field, and (2) to measure the shroud 
acoustic-transmission loss. 

The DTM spacecraft was attached to a flight-type 
adapter, encapsulated in a shroud, and mounted to a 
3-ft portion of the Agena D forward section. The equip- 
ment was then subjected to a 142-db acoustic field. 
Equipment degradation noted as a result of the imposed 
acoustic field consisted of: 

1. Blistering of paint on high-gain antenna dish 

2. Rupture of aluminum-foil membranes on Bay I1 
(PIPS) shield 

3. Shroud shredded debris shaken loose 

c. LMSC combined vibration test. Vibration tests of 
the shroud, adapter, and spacecraft system were con- 
ducted at LMSC with the objective of demonstrating 
structural integrity of the shroud and shroud/spacecraft 
interface hardware, and to obtain measurements of inter- 
face clearances at critical locations. In addition, the first 
few normal vibration modes of the system were evaluated. 

The test vehicle consisted of the complete DTM space- 
craft, a test shroud and adapter, spacecraft and shroud 
V-bands, and an Agenn fonvard midbody. A series of 
sinusoidal excitations were used to satisfy the test 
objectives. 

As a result of these tests, it was concluded that the 
shroud/spacecraft system was qualified to withstand 
the maximum flight dynamic loads. All critical clearances 
were determined to be adequate. However, a quantita- 
tive determination of clearances was largely unsuccessful 
due to problems in the clearance measurement system. 
’41~0, a detailed determination of the normal modes of 
the system could not be made because of test system 
inadequacies. 
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d.  Antenna pattern tests. Antenna pattern tests were 
conducted to confirm adequacy of the spacecraft high- 
and low-gain antenna R F  patterns. These patterns had 
to be known for different spacecraft configurations and 
attitudes. 

Mockup pattern test. The initial tests were performed 
using a full scale aluminum spacecraft mockup. It dupli- 
cated the exterior spacecraft envelope to within tl/r in. 
The mockup included accurate antenna mounting di- 
mensions and simulated all RF reflective surfaces. 
Structurally, the mockup had to withstand winds up to 
40 mph, and generally rougher handling than a flight 
spacecraft. 

The test range was composed of a 22-ft-high fiberglass 
tower on which the mockup spacecraft was mounted 
with the roll axis parallel to the ground. A shelter ap- 
proximately 100 yards from the tower housed the con- 
trols for rotating the tower and instrumentation recording 
equipment; 3300 ft  away from the tower was a 10-ft 
diameter dish antenna used to illuminate the spacecraft 
with RF energy. 

A crane with a 35-ft boom height was used to lift 
the mockup spacecraft to the top of the tower. Once the 
spacecraft was secured on the tower, the four solar panel 
mockups and the antennas were installed. The tower was 
leveled within 0.1 deg by a precision bubble level. The 
spacecraft high-gain antenna was aimed at the remote 
dish by a theodolite, which, in turn, indexed the tower 
for repositioning. Using the index points found pre- 
viously, the spacecraft was rotated in clock and azimuth 
angles while illuminated by the remote dish. A digital 
antenna pattern recorder continuously recorded on mag- 
netic tape the signal levels at different spacecraft 
orientations. 

Satisfactory preliminary antenna pattern information 
was recorded from this test. However, further testing on 
a flight-type antenna system was required. Later tests 
verified that a more representative spacecraft geometry 
was required for determining final pattern profiles. 

DTM pattern tests. The DTM spaceframe was used for 
final antenna pattern tests. The sequence of operation 
was much the same as for the mockup vehicle pattern 
tests, except for the spacecraft handling operation. The 
preparation of the spacecraft included removing all in- 
ternal components for weight reduction, addition of 
simulated solar vanes, science experiments, and tempera- 
ture control louvers. The use of flight-type solar panels 
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dictated that wind-load calculations heavily influence 
the design of the spaceframe support structure. The 
more delicate nature of this prototype spacecraft made 
it mandatory to revise the scheme used in assembly on 
the tower. The spacecraft was completely assembled on a 
stand near the tower and then lifted from the stand in 
a horizontal position by a 35-ft crane. With the solar 
panels in their deployed position, the complete space- 
craft was then lifted and secured to the tower (Fig. 378). 
Alignment of the spacecraft to the remote antenna was 
aided by a telescopic sight mounted directly to the 
spacecraft. To safeguard the vehicle and to obtain more 
accurate data, a wind velocity meter was installed. Test- 
ing was stopped and the spacecraft was reoriented to a 
more favorable position in high winds. 

Pattern tests of this type were compulsory because the 
R F  antenna patterns were affected by the spacecraft 
configuration. Full-scale accurate mockups gave the 
most conclusive results because of uncertainties in elec- 
trical scaling of a spacecraft. The most successful pat- 
terns were taken at night, when RF interference and 

Fig. 378. DTM mounted to antenna range tower 
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winds were low. The temperature environment was also 
more stable at night. 

5. XTMTesting 

a. LMSC adupter/spacecraft StrrEiC test. A series of 
tests were performed at  LMSC to provide data for struc- 
tural evaluation and to qualify the spacecraft adapter 
under critical flight-loading and ground-handling con- 
ditions. In addition, the spacecraft V-band was released 
at the end of the test series to demonstrate its postload 
separation capabilities. The test vehicle consisted of 
mounting the XTM spaceframe to a test adapter by a 
spacecraft V-band. The adapter was bolted to an Agenu 
forward midbody that was mounted on a rigid foundation. 

The test vehicle sustained all required loads with no 
evidence of failure or damage. The postload V-band 
separation appeared normal. 

The spacecraft structure was qualified in a similar 
series of tests performed at  JPL using the STM space- 
craft. For a future program, these two tests might easily 
be combined. 

b. LMSC spacecraft separation tests. A Mariner Mars 
spacecraft was separated in simulated flight from its 
Agenu D boost vehicle following injection. The space- 
craft was clamped to the Agenu adapter at its eight feet 
by means of a V-band, which, at separation, was released 
by two pyrotechnic cutting devices. Differential separa- 
tion velocity was then imparted to the spacecraft by the 
release of stored energy in four spring mechanisms at- 
tached to the adapter. 

The spacecraft separation tests were performed to 
demonstrate the functional operation of the separation 
system and to determine the effects on the spacecraft of 
various unbalanced separation forces. Testing was con- 
ducted by Lockheed at its Burbank Flight Test Facility 
using the JPL-provided separation test model, the XTM, 
and an LMSC-provided Agenu adapter. The XTM was 
ballasted to simulate inertial properties of the flight ve- 
hicle to within 10% and to position the center of gravity 
at  the forward end of the restrictive envelope on the 
nominal roll axis. The configuration of the test model is 
shown in Fig. 379. 

Test setup. Nominal separation occurred parallel to 
Earth to eliminate gravitational effects. The test vehicle 
was suspended by a system designed to allow it six de- 
grees of freedom. Support was provided by a single ver- 
tical pendulum, 65 ft in length, whose projection passed 

. -,.-”--.- 

Fig. 379. XTM separation test model configuration 

through the spacecraft center of gravity. A soft spring 
(rate under 10 Ib/in.) was installed at the top of the pen- 
dulum so that vertical translation of the spacecraft CG 
could be obtained. The spacecraft was attached to the 
pendulum through a yoke that made a “parallelogram- 
ing” four-bar linkage. The yoke picked up the spacecraft 
at adjustable pivot points that were attached to the top 
of the XTM octagon at longerons ,4 and E. These points 
were adjusted so that a line through them parallel to the 
floor passed through the spacecraft CG. Bearings were 
installed at all pivot points to give the spacecraft free 
rotation in pitch, yaw, and roll. The Agenu adapter was 
bolted to  a vertically rigid strong back. The spacecraft 
was mated to the adapter, which moved it 4 in. longi- 
tudinally from a free hanging condition, and then 
ejected parallel to the floor using the pendulum tension 
as the compensating force opposing gravity. 

To record the spacecraft motions as it separated 
through the first 6 in. of travel, a special four camera 
data system was used. The cameras were bolted indepen- 
dently to the floor and arranged in a plane parallel to 
the floor at 90-deg angles to each other. Each lens was 
marked with cross hairs so the camera setup would serve 
as the stationary reference frame. The cameras were 
aimed at 6 X 8-in. cross-hatched targets mounted on the 
spacecraft roll axis forward and aft and on both sides of 
the CG at the suspension yoke pivot points (on both ends 
of the test pitch axis). The cameras were synchronized so 
that target position vs time could be related between 
cameras. The 400 frame/sec photographic record from 
these cameras provided the attitude history of the space- 
craft as it separated from the adapter. Three cameras 
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operating at 1000 frames/see were set up to view the
V-band release characteristics. A single overall documen-

tation camera operated at 24 frames/sec.

The four data films for each test were read on a special

machine. Then, using a 7094 computer system, the raw

data were transformed into spacecraft attitude vs time

relationships for longitudinal, lateral, and vertical dis-

placements, and pitch, yaw, and roll rotations. Using
computerized techniques, the attitude histories were dif-
ferentiated with time to obtain three linear velocities and

three rotational rates.

As an expedient means of obtaining approximate

spacecraft angular rates, a Fairchild rate gyro was used.

The gyro was mounted to the top of the octagon near the

spacecraft CG, and was monitored through a hard line

using a visicorder and oscillograph. The flight separation

monitor system (three linear potentiometers mounted

unsymmetrically near three of the four separation

springs) was included in the tests. The separation spring,

which was not accompanied by a potentiometer, was

adjusted to compensate for the lack of the instru-

ments' spring force. This was also done on the flight

system. Displacement-time history was taken from these
instruments.

Test results. Nine test phases were run, which provided

meaningful data on separation mechanics. Each phase

included three to six separations. Parameters affecting

the separation dynamics were varied in each phase.

These parameters were spacecraft CG offset, spring rate,

spring stroke, spring misalignment, and number of pyro-

technic bolts fired. When the parameters were varied

from nominal, the adjustments were made to give addi-

tive effects in the yaw mode. Pitch rates induced by

these adjustments were, in all cases, less than the accu-

racy of the data system and were neglected.

Table 81 lists test conditions and results for each phase

of testing. In some cases, anomalies in the setup or adjust-

ments forced a modification of the rates by digital simu-

lation techniques to match the specified test conditions.

An error analysis showed that the error from the data

gathering and reduction system was less than or equal to
the following 3 _ values with 94.5_S confidence:

1. Tip-off rate = 0.336 deg/sec

2. Velocity = 0.394in./sec

The three high-speed cameras viewing the V-band

release showed that in several instances the V-band,

Table 81. Spacecraft separation test conditions and
results

Test conditions Test results

Spring V-band Tip-off Test
CG Spring Stroke misalign- bolts rate velocity

Phase offset rate
ment fired deg/sec in./sec

1 0.0 NA _ NA _ NM' 2 0.2 _ 1.0

2 0.0 Nominal Nominal Nominal 2 0.2 25.9

3 0.0 Nominal Nominal Nominal 1 0.2 26.0

4 0.0 Nominal Nominal _3 deg 2 1.1 26.2

5 0.0 Nominal ±0.030in, Nominal 2 0.3 25.6

6 0.0 Max/mln Nominal Nominal 2 0.4 25.9

7 1.125 Nominal Nominal Nominal 2 1.5 25.4

8 1.125 Max/min ±0.0301n _1 deg 2 1.9 25.6

9 1.125 Max/mln ±0.0301n _1 deg 1 1.9 25.5

"Not applicable since springs were absent, Test was to determine V-band

effects on separation.

wildly gyrating because of the release of its own stored

strain energy, returned and struck the separating space-

craft. During early test phases, V-band restraint was pro-

vided by eight slack lanyards at the clamping shoes. In
Phases 7, 8, and 9, the lanyards were replaced by Bungee

cord. This fix proved unsatisfactory, since the V-band in

several instances struck the spacecraft. Additional tests

beyond Phase 9 were run to develop a restraint system
that would ensure spacecraft safety. Separation data
were taken on the first six of these tests. These tests pro-

vided a restraint system composed of slack lanyards and

non-preloaded springs replacing the Bungee cord. Three

of these tests were performed with two bolts firing, and

three were performed with one bolt firing. During the

single bolt tests, the V-band again struck the vehicle.

A concentrated effort to devise a satisfactory restraint

mechanism began, and more tests were perforlned with

full photographic coverage of the V-band. No separation

data were taken during these tests. A satisfactory system

of 12 preloaded springs and taut lanyards (a set at

each of the eight shoes, and a set on each side of both

pyrotechnic release mechanisms) evolved.

Conclusions. The separation tests demonstrated that

the system performed as expected and that under maxi-
mum tolerance conditions, spacecraft tipoff rates would
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be below the required 3 deg/sec. The test results, com-

bined with the LMSC separation analysis (predictions

from which were in extremely close agreement with test

results), gave an expected maximum tip-off rate for the

flight spacecraft of 1.5 deg/sec. This value was based on

the CG position reported by JPL, Agena postinjection

limit cycle rate, and maximum installation procedural
tolerances. This was a worst-on-worst condition to which

the CG offset contributed 70%. Results also predicted

that the absolute velocity inerement to the spacecraft at

separation was 22.4 in./sec, with a velocity relative to the
Agena of 31.0 in./sec.

Linear velocity measurements from the three linear

potentiometers differed from the photographic measure-
ments by a maximum of 3.2 in./see low. This indicated

that the potentiometers had a large error band, and that

predictions for a nominal separation were qualitatively

more accurate than flight telemetered potentiometer

data. Rate gyro data, not as accurate as photographic data,

were useful for quick information.

The series of separation tests pointed out, and later

solved, the V-band release dynamics problem.

6. Launch Vehicle Interface Tests

a. Shroud wind-tunnel test. The purposes of the shroud
wind-tunnel test were to evaluate the effects of the static

and fluctuating pressures on the stability of the space-

craft shroud, and to obtain fluctuating pressure data to

be used for spacecraft transonic high-frequency vibra-

tion prediction efforts by JPL. The tests were performed

on a 1/10-scale model of the spacecraft (over-the-nose)
shroud/Agena D vehicle in the 8 × 6-ft transonic wind

tunnel at the NASA Lewis Research Center. The investi-

gation covered the Mach number range of from 0.56 to

2.0 for angles of attack of 0, ±3, and ±6 deg.

b. Launch vehicle shroud contamination. There were

two general sources of the contamination associated with

the launch vehicle: that associated with the construction

byproducts in the shroud system, and that associated

with retro-maneuver combustion products.

Contamination from the shroud system appeared to be

amenable to elimination. During various dynamic tests

using prototype and engineering model shrouds, con-

tamination in the form of metal chips and shavings fell

from the shroud onto the spacecraft. For example, during
the acoustic test of the DTM with the shroud, a lot of

debris fell from the shroud onto the DTM. During an-

other test, a flight configuration shroud was exposed to

an acoustic sound field of about 155 db and, again, a lot

of debris fell from the shroud onto the spacecraft. Fol-

lowing this test, it was proposed that a program be insti-

tuted for acoustic cleaning of shrouds prior to launch.

Other sources of shroud system contamination were:

(1) combustion process byproducts escaping from the

shroud separation system; and (2) particulate matter

jarred loose by the shroud separation. Numerous Fastex

films have been made of separation-system firings with-

out obtaining visual evidence that gas escapes from these

units. The shroud V-band was observed to occasionally

strike various bracketry that probably knocked chips

loose. However, a restraining system was devised to en-

sure that nothing would impact the structure during
retraction.

The second major source of contaminants was combus-

tion products from the retro system. The Atlas retro sys-

tem was examined in this respect, and it was concluded

that less than 2 × 10 -c lb of gas particles per square inch

would pass along the area of the spacecraft. It was con-

cluded that the problem of contamination from the

process previously mentioned requires further study.

c. Shroud acoustic test. The objectives of the shroud

acoustic tests were (1) to evaluate the effects of an

acoustic field and shroud V-band separation shock on RF
paint adhesion, and (2) to determine ff acoustic vibra-

tions and V-band separation shock would cause the RF

finish to release contaminating particles.

The test specimen consisted of a complete flight

shroud system, including the transition section, fastened

to an acoustic termination board and diaphragm support

fixture. Simulated lenses were provided at the space-

craft lens locations and the shroud cavity was covered

to catch falling particles. The equipment was subjected to

the acoustic field generated by firing a Bell Model 8247

rocket motor. The reference acoustic sound pressure level

outside the shroud was 155.2 db (Re: 2 × 10-'/_bar).

No damage was incurred due to firing of the V-band

pyrotechnics. However, the JPL contamination require-

ments for maximum allowable particle size were not met;

but the Project Office accepted the situation as being a
minimum risk to the mission.

d. RF attenuation test of shroud EM 476. The objec-

tive of this test was to determine the RF shielding prop-

erties of the shroud in a range of frequencies from 100

to 10,000 Mc. The shielding provided by the shroud was
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used in evaluating the effects to the spacecraft subsys-

tems when the vehicle was in a flight configuration ex-

posed to RF fields at the Cape. The average attenuation

between 200 and 2000 Mc was found to be approximately

30 db. Between 2000 and 10,000 Mc it was approxi-

mately 37 db. Below 200 Mc the attenuation fell rapidly
to a minimum measured value of i db at 100 Mc.

e. Solar panel shroud impact simulation test. When

the Agena shroud system was changed from the clam

shell to the over-the-nose configuration, extensive analy-

sis and tests were conducted to verify that the spacecraft

would survive shroud impacts. These impacts could

occur if the shroud were ejected in a non-standard man-
ner. Because of the small clearances between the solar

panels and the ejecting shroud, spring-mounted guide

rails were attached to the solar panels.

The two main test objectives were (1) to obtain design
data for the protective guide rails to be installed on the

solar panels, and (2) once the guide rails were designed,

to show that the solar panel/damper superstructure sys-

tem could survive the loads imposed by shroud impacts
at different stations and velocities.

Four tests were conducted. During the first two tests,

an impact mode was assumed in which the aft end of

the shroud would strike an intermediate point on the

guide rail. The third test used a newly designed guide

rail. The final test, using impact information supplied by

LMSC, used two solar panel structures, four boost

dampers, and a superstructure. The final test setup is

shown in Fig. 47. The testing verified that the design

was adequate and that the solar panel guide rail system

would survive a shroud impact.

7. Other Developmental/Qualification Testing

a. EMI support of AFETR operations. Measurements

were made at the Cape to verify that the S-band space-

craft communications system would not be subjected to

any interfering RF levels during the launch operations.

This effort was considered of particular significance,

since it was the first time that the S-band system had

been used on a JPL spacecraft, and the first time such a

system had undergone tests at Cape Kennedy. The sur-

vey period was determined by launch-complex avail-

ability, by noise-measurement participation at JPL on

backup spacecraft, and by the final repackaging of the
EMI receiver.

No interfering noise levels or discrete spectral com-

ponents were observed at the spacecraft receiver fre-

quencies ± 63.4 kc using a receiver with a sensitivity of
-151.4 dbm in a 100 cps bandwidth. Measurements

were made prior to and during the combined system test.

In addition to the noise measurements, standard field

intensity meters covering a wide frequency range (150 kc
to 10,000 Mc) were shipped to the JPL station to be
available in the event that RF interference occurred on

any of the systems. (No interference occurred.)

b. RF noise survey of the 25-It space-simulator

chamber. During the PTM space-simulator tests, one

telemetry channel exhibited an unexplained offset. The

RF noise emitted by the space-chamber mercury xenon

lights and/or RF output from the chamber iris servo
control were considered to be possible causes of the

telemetry disturbance. A noise survey was made from a

frequency of 150 kc to 2240 Mc with standard field in-

tensity meters. No noise was observed to be emitted from

the iris control. The lights did emit noise below a fre-

quency of 40 Mc. The greatest noise level observed was

induced by the antenna and was 92 db above a band-

width of 1 _v/Mc and below a frequency of 2 Mc. No

noise was observed at frequencies above 40 Mc, includ-

ing frequencies in the vicinity of 2116 Mc.

c. Damped-structure feasibility tests. Because of the

location of the solar panels on the Mariner Mars 1964

spacecraft, it appeared that the panels would have to
withstand more vibration than the Mariner Venus 1962

panels did, although the additional panel area per space-
craft pound led to an unbearable penalty in overall

spacecraft weight. These "facts of life" resulted in the

use of an unconventional damped-strut support system,

which protected the panels from vibration and allowed

a very significant reduction in weight. The proposal of

this approach was based on some experimental work

done in August 1962, in which the damped-strut con-

trol of Mariner Venus 1962 panels and structure was

achieved. (The success of those tests also led to the use

of damped solar panels on the Ranger Block III program.)

Damped panels did not lend themselves to simple

analysis, so it was necessary to build and test a prototype

lightweight solar panel and damper system. The design

was verified with a 10-g (0-peak) sinusoidal vibration

test swept through all panel resonances up to 200 cps.

The test panel's ratio of total panel weight to panel

structural weight was 2.5 to 1, whereas the same ratio

for the flight panels was only about 2.1 to 1. Thus, the

test panels had a higher loading per pound of structure

than the flight panels did, although no structural prob-
lems occurred.
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Concurrent with the development of the solar panel 
damped support system, another use of the heavily 
damped structural concept was investigated. In this case, 
not only weight but also space limitations required a 
very tall, slender structure for the low-gain antenna sup- 
port. This structure, 7 ft tall and 4 in. in diameter, 
supported by conventional techniques would have devel- 
oped tip excursions in excess of 10 in. during spacecraft 
vibration qualification, and would have induced exces- 
sive loads into the spacecraft upper structure. A damped 
support system was proposed for the control of this slen- 
der structure, and subsequent testing indicated that the 
damped support system would reduce the structure’s 
loads and excursions by a factor of more than 20. The 
tests were conducted on a thin-walled aluminum tube con- 
trolled by previously described concentric tube dampers. 
A test series studying the variation of damping coeffi- 
cient revealed that the structure’s resonant behavior was 
rather insensitive to variations in damping. 

From these tests, it was concluded that the use of 
damped structures on the Mariner Mars 1964 spacecraft 
would result in large savings of structural weight, 
and would allow the use of a desirable, lightweight, 
slender, low-gain antenna support structure. Applica- 
tions on future spacecraft would appear to be equally 
attractive. 

d.  Electronic packaging development testing. After 
having established the basic concept and design of the 
electronic packaging, decisions had to be made about 
the details of the basic electronic chassis design. The 
choices were (1) center section geometry (box vs T), 
(2) web thicknesses (0.100 vs 0.070 in.), and (3) material 
(magnesium vs aluminum). 

To compile comparative data about the various op- 
tions, several chassis were fabricated with the above 
features, mounted in a rigid vibration fixture, and vi- 
brated in three planes at an input sweep of 3 g from 20 
to 1500 cps. 

Results of the first series of tests (in one plane) showed 
approximately the same resonant frequency (about 
280 cps) and the same gain at resonance (about 25) for 
three types of box section chassis: 0.070 in. web alumi- 
num, 0.070 in. web magnesium, 0.100 in. web magnesium. 
It was concluded that the fixture introduced fictitious 
resonances of such strength that a true evaluation of the 
different chassis configurations was not possible. 

Because of the lack of development time, it was de- 
cided to proceed with the conservative 0.100 web mag- 

nesium box section chassis configuration for all prototype 
chassis, and to run additional tests later with these proto- 
type chassis in a more realistic fixture before ordering 
flight chassis. This would not only check the adequacy 
of the chassis design, but would also afford the oppor- 
tunity of evaluating means of lightening the design. 

A new chassis test fixture was fabricated using some 
flight-rejected structural rings to form a three-bay sec- 
tion of the octagonal bus. This fixture (Fig. 380) was 
intended to approximate the stiffness of the members of 
the spacecraft to which the chassis were attached. 

Fig. 380. Three-bay electronics chassis vibration fixture 

Tests were conducted with original prototype chassis 
(0.100-in. web magnesium box section), some “as is” and 
some lightened with holes and scallops in the box section 
and side rails and with recesses in the web. The input 
level was a 1 g sine sweep from 20 to 1500 cps. 

The results of these tests were somewhat inconsistent, 
but showed minor increases in acceleration levels and 
small decreases in resonant frequency between heavy 
and lightened chassis. It was concluded that the basic 
mounting geometry, rather than the amount of material 
in the web and box sections, provided the primary stiff- 
ness (subchassis attached to chassis and chassis attached 
to spacecraft structure). As a result of these tests, light- 
ened chassis were selected for flight, and a weight sav- 
ings of 6 lb was realized. 

e .  Preliminary matchmute tests. Preliminary match- 
mate tests were performed in order to ensure that nie- 
chanical compatibility existed between the spacecraft and 
launch vehicle interface hardware provided by LhlSC. 
These tests were performed each time new hardware 
configurations were mated for the first time. Two of the 
early tests, using test hardware, are described below. 
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First, a mockup spacecraft was mated to a test adapter 
furnished by LMSC. Since many detailed hardware items 
were missing from both the spacecraft and adapter, the 
test demonstrated only gross procedural, design, and 
dimensional compatibility problems. As a result of this 
test, certain critical spacecraft/adapter mating surfaces 
on the adapter were reworked and plans were made for 
a second test. 

During the second preliminary matchmate test, the 
STM spacecraft was mated to the reworked adapter. 
The test setup is shown in Fig. 381. During this test, one 
additional spacecraft/adapter mating surface (foot F) 
was reworked. Again, certain procedural, design, and 
interference problems were experienced and recommen- 
dations for their solution were presented to the proper 
agencies. 

Each of these tests brought out several problems that 
could not easily have been found without a physical mat- 
ing of hardware. Such tests, performed early in the pro- 
gram, were an extremely valuable design tool. 

f. Solar pressure vane deployment tests. The purpose 
of this test was to open a folded solar vane to ascertain 
the effects that the opening impact of the solar vane 
framework would have on the mylar covering, 

A mockup solar panel was placed in the 7 X 14-ft 
horizontal vacuum chamber. The plane of the panel 
was horizontal with the cell side upward. A mockup 
attitude control gas jet and a solar vane actuator were 
attached to the end of the panel. A complete set of solar 

Fig. 381. Preliminary matchmate test setup 
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vane hardware was then attached to the panel, and a 
special solenoid release was incorporated to release the 
vane. The vane was released and observed, while opening, 
with two Millikan cameras operating at 500 frames/sec. 
The open vane traveled to the deployed position but 
failed to stay there because of the 1 g field. The high- 
speed photography indicated that the vane unfolding 
operation was rather violent, as expected, but visual in- 
spection of the vane revealed no tearing or other physical 
damage to the mylar covering. 

A second series of deployment tests were performed 
in a vacuum chamber to determine the reliability of the 
new folding technique, and the ability of the unfolding 
vane to clear the newly installed solar panel guide rails. 
A mockup panel with rails and solar vane hardware was 
mounted in the 6 x 7-ft vertical vacuum chamber. The 
plane of the panel was vertical, with the panel hinge axis 
at the top. The panel was then rotated around its hinge 
axis so that the vane CG was vertically aligned over the 
vane deployment axis; thus, while the vane was unfold- 
ing, the gravity effects tending to pull the vane away 
from the panel were minimized. The chamber shroud 
temperature was maintained at ambient, but the chamber 
pressure was reduced. Several runs were made and the 
vane unfolded properly each time and cleared the solar 
panel guide rails by 2.0-in. minimum, Millikan cameras 
were again used to observe the effects. 

g .  Solar vane actuator impact tests. The purpose of 
these tests was to determine the effect that the vane 
deployment impact load would have on the solar 
vane actuator. 

A flight-type solar vane actuator and a set of solar 
vane hardware were installed on a mockup solar panel. 
The mylar was removed from the vane to reduce air 
drag; string was tied from tube to tube of the vane 
framework so that it would assume the same configura- 
tion when released as the mylar-covered vane. The hinge 
axis of the vane deployment mechanism was oriented 
vertically to reduce gravity effects. The vane was re- 
leased and allowed to both unfold and deploy. The oper- 
ation was as expected; a rotation of 2 to 3 deg of the 
bimetal clement in  the solar vane actuator was notcd as 
the vane hit the limit stop, but this small angular move- 
ment was not considered a problem. 

,4 second test w a s  performed using the solar vane as a 
pendulum. A panel with solar vane hardware was ori- 
ented with the panel hinge axis horizontal. The vane 
deployment spring was removed and the panel rotated 
around its hinge axis until a position was obtained in 
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- 
which the vane, when released, would swing out as a 
pendulum and just touch the limit stop. The vane deploy- 
ment spring was then reinserted and the test repeated. 
The gravity effects were compensated for by the panel 
position so the spring would impart additional energy to 
the vane to duplicate the actual impact. The results were 
essentially the same as the previous test with a 2 to 3 deg 
rotation of the bimetal element observed. 1 

L 

As a result of the unusually high solar vane positions 
indicated after the launch of Mariner IV, a third test was 
performed. Realizing that the first test probably included 
some friction effects due to side loading on the bearings, 
a vane actuator was set up with the vane deployment 
axis horizontal. The deployment spring was removed and 
the vane allowed to hang freely. The mount for the solar 
vane actuator was then rotated about the vane deploy- 
ment axis until the free-hanging vane just touched the 
limit stop on the bimetal element. The vane was then 
used as a pendulum and pulled back and released. The 
amount of pullback was calculated so that the angular 
velocity of the vane at impact duplicated actual inflight 

3 

' 

1 
deployment conditions. This test was similar to the sec- 
ond test except that gravit). was used to supply the ini- 

gravity in the second test and to use the actual spring 
to supply the velocity over and above the gravity effects.) 
In these tests, however, the bimetal actuator moved 
approximately 10 to 15 deg, which was in close agree- 
ment with flight data. A pointer, attached to the motor 
gearhead shaft, indicated that most of the motion a 
result of bimetal insulator coupling slipping O n  the shaft. 

e 

: 
pact velocity. (It was intended to reduce the effects of - 

Fig. 382. High-gain antenna and Canopus sensor 
temperature control test 

sunlight to fall on either the antenna or the sensor. 
Figure 3s.2 shows the test apparatus in the simulator. 

h. High-gain antenna and Canopus sensor temperature 
control test. The test objective for the Canopus sensor 
was to demonstrate the feasibility of the thermal design 
and survival capability of the sensor during a worst-case 
maneuver. The high-gain antenna test was intended to 
reveal any focusing of sunlight on the feed. which would 
result in the feed overheating. 

An octagonal frame simulated the spacecraft lower 
ring. The Canopus sensor was mounted to this frame. as 
was a multiple-layer mylar heat shield. This simulated 
the sensor thermal interface with the spacecraft. The 
frame was fitted with heaters so its temperature could 
be controlled to match expected spacecraft temperatures. 
The high-gain antenna assembly was mounted to the top 
of the frame along with another multiple-layer mylar heat 
shield. This simulated the thermal antenna/spacecraft 
interface. The entire apparatus was suspended in the 
25-ft solar simulator so that it could be rotated to allow 

Tests were performed to simulate Earth cruise, Mars 
cruise, and a worst-case midcourse nianeuver for the 
sensor. The tests simulated only a worst-case maneuver 
for the antenna. 

The Canopus sensor reached stead) -state temperatures 
of 18°F in the Slars condition and 36°F in the Earth 
condition. During midcourse maneuver, it did not exceed 
1 3  F. These results berified the feasibility of the thermal 
design. and no changes were recommended. As the space- 
craft deieloped, it was found that the lower shield 
configuration used during this test was not correct. In 
addition, a redefinition of the upper temperature limit 
of the sensor during short transient heating periods per- 
mitted a more desirable metal-to-metal mounting of the 
sc'nsor. This mounting was Lerified to be acceptable in 
subsequent thernial tests u h g  the TCSI. 

-- 0 

The high-gain antenna feed did not exceed 70°F. Thi\ 
was well below its maximum allowable temperature of 
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150" F. The test showed no significant sunlight focusing 
on the feed, and therefore no special provisions or ma- 
neuver orientation restrictions were required. 

i. High-gain antenna themnal-vibration test. During 
analysis of the boost environment at the high-gain an- 
tenna, it was discovered that considerable aerodynamic 
heating of the antenna reflector would occur during the 
Agenu burns. This heating would lead to some structural 
weakening of the bonded reflector and would present the 
possibility that the vibration levels experienced during 
Agenu bums might significantly weaken the antenna. 

A thermal-vibration antenna test was performed to 
verify that this condition would not degrade the antenna 
structure (Fig. 383). A bank of heat lamps provided the 
required 220°F temperature and a special magnetic tape 
was tailored to provide a vibration environment equiva- 
lent to the Agena burn. The vibration testing simulated 
transient impulses by the input of exponentially decay- 
ing sinusoids, and then again by the input of rapidly 
swept sinusoids. These two types of inputs were analyt- 
ically tailored to produce the same structural response of 
the antenna, and the results of the two types of tests 
were compared to determine the similarity between the 
laboratory results and the analytical predictions. The lab- 
oratory results revealed only moderate agreement be- 
tween the antenna's structural response to the swept-sine 
and the decaying-sine transients, although the antenna 
easily passed both tests. 

Fig. 383. High-gain antenna thermal-vibration test 
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It was concluded that further refinement of the tran- 
sient testing technique was needed to achieve accurate 
transient waveforms in the test laboratory. Further de- 
velopment of the transient technique would be worth- 
while because it more closely approximates vibrational 
environments experienced during boost. The standard 
test techniques using swept sinusoids generally result in 
considerable overtesting of any particular structure. This 
is because a large safety factor must be used in establish- 
ing a swept sinusoid equivalence to a transient impulse 
unless detailed knowledge of the particular structure to 
be tested is available. In general, no such detailed knowl- 
edge is available when test specifications are established. 
As a result, spacecraft structures are considerably heavier 
than the boost environment requires. The large structural 
weight that could be saved by developing accurate tran- 
sient testing techniques justifies their development. 

i. Themnal-shield outgassing test. Thermal-shield out- 
gassing tests were performed using both black dacron 
material and a complete shield blanket. 

Black dacron material. The outgassing of spacecraft 
organic materials, when exposed to space environment, 
increased the chances of degrading the optical sensor 
and thermal control surface performance. To minimize 
the possibilities of outgassing, the black dacron outer- 
layer material was pretreated in a vacuum chamber prior 
to the blanket-shield fabrication. 

Knowing the existence of the outgassing tendencies 
and quantities from previous tests, a program of thermal- 
vacuum cleaning was undertaken. A vacuum chamber 
4 ft in diameter by 5 ft long and equipped with cold- 
wall capability, two 16-in. diffusion pumps with liquid- 
nitrogen cold traps. and the capahility of 2 X le7 torr 
was used .  An a luminum oven approximate ly  
36 X 18 X 54 in. (Fig. 384) was built to house the ma- 
terial in the chamber. Strip-type resistance heaters, which 
lined the walls of the oven, were capable of heating the 
black dacron material to 300°F and the nylon shield 
components to 200" F. Five thermocouples were installed 
to monitor temperatures. 

Thirty-foot lengths of the material were draped on 
rods in the oven in a manner to allow volatiles to escape 
through holes at either end of the oven. Precision- 
weighed reference samples were placed at critical posi- 
tions in the oven. The chamber pressure was lowered to 
approximately 3 X torr, and the chamber walls 
stabilized at 70°F prior to turning on the heat, The 24-hr 
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Fig. 384. Thermal shield material outgassing test setup 

outgassing test then began. Because of material outgas- 
sing, the desired vacuum was not reached until approxi- 
mately the last 6 hr of the test. 

Fig. 385. Thermal shield blanket outgassing test setup 

The reference samples that were in the oven were re- 
weighed and checked for their weight loss. These figures 
generally compared with prior tests. The black dacron 
cloth for thermal-blanket construction was marginally 
outgassed because of the quantity of material in the 
chamber and the resulting temperature gradient. 

Complete shield blanket. The first space-simulator test 
on a flight spacecraft revealed that the upper thermal 
shield outgassed excessively. This test also revealed that 
the dacron thread, which had not been pretreated, shrank 
and exposed the edges of the mylar inner layers to sun- 
light. It was concluded that the edges of the blanket 
should be bound and that the indib-idual shield blan- 
kets should be subjected to a separate thermal-vacuum 
treatment to outgas the shield materials and stitching, in 
addition to preshrinking the assembled blankets. 

were set up for continuous monitoring by a recorder. The 
thermal blanket was weighed and then installed on 
the structure in a flight-type manner. 

The chamber pressure was lowered and the upper 
cooling shroud was cooled to -70°F before the heat 
lamps were turned on. The upper cooling shroud was 
intended to trap the outgassing products so they would 
not contaminate the chamber pumping system. After the 
temperatures and vacuum stabilized at 300" F and 
3 X lo-' torr, the 24-hr duration test began. the 
blanket was removed from the chamber. it was re- 
weighed and inspected. 

Thread shrinkage occurred w-ithout any apparent dam- 
age to the shield blanket. Oil condensation on the cham- 
ber walls and reduced blanket weight supported the 
success of the treatment. 

A bell-type vacuum chamber 6 ft in diameter and 7 ft 
high with liquid-nitrogen cold walls was used. The DTXl 
bus (Fig. 385) structure was used to support the thermal 
shield. Two banks of 250-w infrared heat lamps were 
installed above the spacecraft for uniforni heating. Six 
thermocouples and the flight temperahre transducer 

k.  Thermal shield blanket hallooning test. During the 
shield outgassing and shrinkage tests, it was noted that 
the thermal blanket ballooned when it was exposed to 
fast decompression. (This phenomenon was noted earlier 
on TCJl testing. and resulted in the incorporation of vent 
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holes in the blankets.) A series of tests were conducted 
on the upper and lower blankets to verify that the 
ballooning would not result in blanket structural fail- 
ure or interfere with the functions of other spacecraft 
components. 

The upper thermal shield blankets were mounted in a 
flight configuration on the DTM bus structure. A geo- 
metric mockup of the Cosmic Dust Detector was mounted 
on the superstructure. The bus structure was placed in 
the 6-ft chamber, and the chamber pumped down at 
rates comparable to the boost pressure decay. At the 
completion of the first test, the structure was turned over 
and the operation repeated using the lower shield. The 
total duration of each test was approximately 3 min. Dur- 
ing that time, the chamber pressure was reduced at the 
rate shown in Fig. 386. Photographs were taken through 
a chamber porthole to record the blanket behavior 
(Fig. 387). 

These tests verified the adequacy of the blanket 
interlayer-venting provisions in the upper and lower 
shields. They also confirmed the shield structural ade- 
quacy and the nonexistence of interferences with other 
spacecraft hardware. 

1. S o h  panel space-simulator tests. There were three 
objectives of these tests: 

1. To determine appropriate temperature control sur- 
face treatments for the attitude control jet assembly 
and the solar vane actuator 

2. To investigate temperature gradients in the solar 
panel structure 

3. To verify the solar vane survival under worst-case 
launch heating 

A flight-type solar panel structure, including attitude 
control jets and solar vane assembly, was suspended 
horizontally in the 25-ft solar simulator as shown in 
Fig. 388. Because of the uncertainty in the simulated- 
sunlight spectrum, the panel face was painted black and 
a correction was made for the difference between solar- 
cell absorptivity and black-paint absorptivity. The ab- 
sorptivity apparatus was placed on the panel about 2 ft 
from the end. Thermocouples were used to measure 
temperature. 

Tests were conducted at Earth intensity (134 w/ft'), 
Mars intensity (51 w/ft')), and without lights. One test 
was run with the panel inverted and the solar vane folded 
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Fig. 386. Boost environment spacecraft cavity 
pressure decay curves 

Fig. 387. Ballooned lower thermal blanket 

in the launch configuration to deterlnine heating effects 
on the vane. 

The results for each test objective were: 

1. Combinations of painted and metallic surfaces pro- 
\rided temperatures well within operating limits for 
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of the trailer shipping container, a special dynamic road- 
qualification test was conducted. An instrumented type- 
approval solar panel was mounted in its transport trailer 
and towed to the Table Mountain Solar Test Site and 
across the Mohave Desert. Vibration and shock data 
were measured enroute. 

Data analysis and solar tests conducted between and 
after the test showed no panel electrical or structural 
degradation. The stresses and loads experienced by the 
panel were less than the flight panel would experience 
during the flight-acceptance vibration testing. 

n. Low-gain antenna extreme temperature test. An ex- 
treme temperature test was performed on the low-gain 
TA antenna (Fig. 389). The experiment demonstrated 
that no significant electrical changes were necessary 
because of the extreme temperatures the antenna would 
experience during a midcourse maneuver. Because of an 
oversight, no minimum secondary control surface tem- 
peratures were specified. As a result, the ground-plane 
temperature fell short of its predicted 220"F, reaching a 
value of only 208°F. Despite this lower temperature it 

Fig. 388. Solar panel space-simulator test setup 

the solar vane and attitude control jet assemblies: 
solar vane electronics, 140°F at Earth and 0°F at 
Mars; attitude control jets, 150°F at Earth and 
5°F at Mars. 

2. Lateral gradients of 20°F existed in the panel be- 
cause of edge effects and because the spar acted as 
a cooling fin. There was a negligible temperature 
drop between the solar cells and the panel surface. 
Expected flight temperatures were 150°F at Earth 
and 15°F at Mars. 

3. Shrinking and permanent wrinkling of the solar 
vane could have occurred during worst-case launch 
heating. Vane changes were made to ensure launch- 
heating survival. 

m. Solar panel transporter test. The solar panels were 
shipped in four-wheeled transport trailers that could be 
towed by standard vehicles. The trailers were used as 
shipping containers when moving the panels on or off 
the Laboratory. The trailers and suspensions were de- 
signed to isolate the panels from all significant road 
shocks. Because of the particular function and character 

Fig. 389. Low-gain antenna extreme temperature 
test setup 
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was demonstrated in the test that (1) the materials of the

ground plane and aperture (aluminum) achieved 360°F,

(2) the bonding material between the ground plane and

the circular waveguide was tested to 240 ° F, (3) the aper-

ture radome and Epon 901 bonding material had surface

temperatures up to 250°F, and (4) the nylon screws had

surface temperatures up to 930 °F.

Based on the experimental evidence and a comparison

of pre-test and post-test data, the subjection of the low-

gain antenna to the extreme transient temperatures indi-

cated an insignificant effect on the antenna's electrical

performance during a midcourse maneuver.

o. Electronic-assembly shipping container. In Decem-

ber 1963 during transportation handling and vibration

testing of the Mariner battery, the electronic-assembly

shipping container experienced a catastrophic failure.

Subsequently, a series of vibration tests were conducted

with simulated electronic eases to evaluate the shipping

container. Initial tests revealed failures due to poor

bonding of the urethane isolators. A second series of tests

also resulted in failure of the isolator bond. During this

second test series, acceleration monitoring of the simu-

lated electronic ease recorded spikes considerably above

acceptance levels for flight hardware.

The shipping container was then modified. It subse-

quently survived a transportation-vibration test per-

formed at JPL and a package drop conducted by the

vendor. During the transportation-vibration tests, spikes

in excess of specification levels were experienced at its

resonant frequencies. However, the cognizant engineer

considered these to be within acceptable levels. Subse-

quently, all containers were retrofitted or replaced by the
improved configuration.

p. Solar panel structural developmental tests. The

weight limitations of the Mariner Mars 1964 program

required a radical departure from past solar panel struc-

tural designs. The reliable heavier Ranger and Mariner

Venus 1962 panel structures had to be abandoned in

favor of a new structure approximately half the weight

per surface area. This significant structural weight reduc-

tion required that a considerable development program

be undertaken to demonstrate the structural flight
worthiness.

Early attention was directed to the radically different

substrate (transverse corrugations) portion of the panel
and its effect upon the installed solar cells. Because of

the unique all-bonded construction, additional tests were

directed to the development of proper and reasonable

manufacturing acceptance criteria. Before production of

flight hardware began, a full series of informal prelim-

inary tests defined the areas in this new design that re-

quired rework and further development.

Some important preliminary developmental tests of the

system were:

.

.

,

Acoustic test of substrate samples. This test showed

the critical sensitivity of spot-welded construction to

acoustic energy. Based upon these results, spot-

welding was abandoned and replaced with an all-
bonded substrate construction.

Skin-buckling tests. This test showed the importance

of continuous bonds and established acceptance/

rejection bond-void criteria for the manufacturer.

Solar-ceU and substrate flexural tests. A series of
tests were conducted to determine the buckling

characteristics of the critical unsupported substrate

back corrugation flats. Flexural static tests were

conducted, followed by dynamic flexural tests.

These tests developed a relationship between static

and dynamic buckling criteria. The dynamic stress

required to cause buckling was 1.6 times the equiva-
lent static stress for this particular configuration.

Using a test setup similar to the dynamic buckling

tests, low-cyele fatigue studies were also performed

upon the substrate corrugations.

The purpose of the final developmental qualification
test was to determine the ability of the panel to survive

Mariner vibration environment without degradation. A

second purpose of this test was to determine the fre-

quency response characteristics of the solar panels, as

supported upon discrete dampers in the spacecraft con-

figuration. The input levels to the test were rather care-

fully developed, from preliminary STM data, to envelope

panel responses for the most critical STM test conditions.

The panel successfully passed the qualification test se-

quence and demonstrated structural adequacy for flight

purposes. Subsequent tests to failure vividly illustrated

the lack of excessive (unnecessary) margins of safeW. At

112'// of ultimate vibratory load, functionally noncritical

cracks developed in the substrate corrugations.

D. Special Problems

During the course of the project development, a num-

ber of significant problems arose that warranted special

attention. These problems were of such scope and mag-

nitude as to jeopardize the success of the mission, and
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were therefore subjected to a thorough study under a

maximum effort. Three of the problems were the direct

result of the inability of certain hardware to survive the

imposed environments.

1. Canopus Sensor

On the PTM vehicle, a flight-like sensor was subjected

to the TA vibration test series, at the conclusion of

which it was determined that the sensor was inoperable.

The Canopus sensor used in the PTM tests employed the

"original" tube design in which a butt-weld existed in

the wires from the dynode structure at the glass-to-metal

seal in the aft end of the image dissector tube. The fail-

ure mode observed was breakage of the anode wire
through the butt weld. It was later established that this

tube model had experienced a similar failure during

component TA testing, and, therefore, the occurrence of

a failure during PTM vibration was not surprising.

An improved version of the tube was subjected to a

series of tests in normal subsystem TA configuration with
adjusted test levels, but it was unable to survive the sec-

ond plane of vibration. These adjusted test levels were

based on information gathered from the PTM tests. The

failure mode was the same experienced previously: that

of breakage of the anode wire at the glass-to-metal seal.

Subsequent examination of the data available from this

test revealed that the unit experienced gains much larger

than expected based on experience gained during tests

performed on the prototype unit. Since the TA unit dif-

fered from the prototype in only two respects (i.e., the

prototype unit had an instrumented mockup of the image
dissector tube and was mounted to the vibration fixture

with stand-off washers), it was decided to perform

another series of tests to discover which of the two major

differences contributed to the unexpected gains. The re-

suits of these tests indicated that hard-mounting the
unit on the vibration fixture resulted in an increase of

gains in a frequency range critical to the sensor.

It was decided that the TA vibration levels, generated

as a result of the preceding work, were still subject to

question and that further testing was called for. Provi-

sions were made to mount a Canopus sensor on the PTM

and to subject the entire assembly to the PTM vibration

levels. In essence, the spacecraft was to be used as an
elaborate vibration fixture with all instrumentation and

performance testing being performed on the Canopus

sensor. The test was to have two objectives: to deter-

mine inputs to the Canopus sensor for assembly-level TA

and FA environmental testing, and to qualify an actual

Canopus sensor at the PTM vibration test levels.

Two "improved T" (thick wire) tubes were subjected

to the new test. One performed satisfactorily after the

test, but the other failed after one plane of noise at

about 12 g rms (slightly higher than normal TA). During

this same period, the cognizant hardware division was

pursuing development of a rugged version of the image

dissector tube, since it presented the only clear path

toward a substantial vibration margin for the sensor. In

view of the schedule, it was decided to forego further

study of the problem until such time as the flight hard-

ware could be retrofitted with the rugged version. This

was accomplished prior to launch with substantial confi-

dence, since a sensor with the ruggedized tube satisfac-

torily passed normal assembly-level type approval.

Possibly the most important factor derived from this

environmental problem reaffirmed that vacuum tubes are

highly susceptible to vibration damage and require

special consideration.

2. Vidicon Camera

Unlike the Canopus sensor problem, the TV satisfac-

torily survived the PTM TA vibration tests. In the initial

design, based on past experience with Ranger tubes, the
tube was hard-mounted inside the camera. The first indi-

cation of a significant problem was when the camera

failed to survive the Mariner component TA vibration

test. Immediately, a study was undertaken to determine

(1) the destructive frequencies of the vidicon tube and

mode of failure, and (2) the vibration environment of the
tube in the camera and how this environment could be

improved. A unity-gain tube holding fixture was used

for vibration tests on the Ranger-type and ruggedized
Mariner tubes.

The tubes were subjected to a 3 min, 16.4-g-rms ran-

dom noise, and to a 9 g sine wave with a 5 min sweep

from 20 to 500 cps, a 1.75 min sweep from 500 to 1000

to 500 cps, and a 1.25 min sweep from 1000 to 2000 to

1000 cps. The tube was functionally tested after each test.

The results obtained indicated that: (1) there was a

wide variation in the vibration response for both Ranger-

and Mariner-type tubes from tube to tube; (2) the

ruggedized Mariner-type tube construction was me-

chanically superior to the Ranger type; (3) the critical

frequency range of the ruggedized Mariner tube was

400 to 700 cps; (4) failures occurred in the weld joints
and conductor leads.
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A structural mockup of the vidicon camera chassis was

constructed from flight-type hardware. Hard-mounting

of the tube and several softer tube-mounting designs

were tested. The three tube mountings tested were:

(1) the hard-mount, (2) the O-ring mount, in which the

tube was supported at each end with two teflon O-rings,

and (3) an experimental soft-mount in which the tube

was suspended by a resilient potting material.

The results of these tests indicated that the experi-

mental soft-mount provided the maximum tube protec-

tion, and that the damaging 400 to 500 cps resonance

experienced by the hard-mount design was actually a

characteristic of the block-style test fixture.

A new soft-mounted tube passed the TA tests in the

more severe environment of the block-style test fixture.
As a result, and because of the tube malfunction due to

the high-frequency cross-axis response problem on the

flexible fixture, further testing was discontinued and

the new soft-mount design was adopted for the flight

configuration.

3. LMSC Instrumentation System

During FA vibration testing of the MC-3 spacecraft,

the first time the flight vibration and acoustic instru-

mentation was subjected to system-level environmental

testing, the flight microphone displayed a totally unac-

ceptable behavior. It appeared to have a very high

sensitivity to vibration, and its mounting configuration,

at the point at which it was attached to a highly resonant

bracket, made it quite impossible to determine if the

character of the response it was measuring was either

vibratory or acoustic in nature.

This argument was easily substantiated since a labora-

tory reference microphone was suspended in close prox-

imity to the flight microphone and it yielded indications

of a significant acoustic noise field accompanying the

imposed FA random vibration.

The flight microphone was initially set on the high-

gain position, the zero reference calibrations of which

were 124, 144, and 154 db. Tape speed was 30 in./sec,

giving a frequency response of from direct current to

5 kc. Calibration was accomplished using a pistonphone

calibrator. During the first test, at approximately 85 to

100 cps, the waveforin of the microphone broke up and

went into full band oscillation. At that time also, a wan-
der of the zero reference level was observed at a rate of

approximately direct current to 2 cps.

It was subsequently determined that the low-frequency

drift was due to the sensing of local pressure fluctuations

from the room air conditioning.

The same problem occurred during the vibration tests

performed on the MC-2 spacecraft, although a different

microphone and amplifier system were used.

In an attempt to solve the vibration problem surround-

ing the flight microphone, the installation of the micro-
phone was modified for the test series with the MC-4

spacecraft. Instead of hard-mounting to the resonant

bracket (as had been done previously), some degree

of isolation was now obtained by inserting sheets of

0.060-in.-thick silicon rubber between the microphone
and the bracket and the nut and the bracket.

The MC-4 spacecraft was subjected to the vibration

test series, and the behavior of the microphone was

characteristic of the behavior previously observed on

MC-2 and MC-3, in that the direct current drift was still

present. An analysis of the information obtained from

the microphone during the noise tests also indicated

that the bracket modifications were not particularly
beneficial to the collection of data.

In view of the schedule and the problems encountered,

the microphone was dropped from the mission in favor

of a new vibration transducer mounted at the adapter/

Agena interface. This change permitted use of the high-

frequency telemetry channel vacated by the microphone,

and provided the first JPL opportunity to obtain inflight

simultaneous vibration data on the spacecraft and at the

spacecraft/Agena interface.

4. Summary

Although each of these problems was significant at the

time of its discovery, all of them were solved.

Attempts at modifying the normal component TA test

levels and test technique were made to solve both

the Canopus sensor and vidicon tube problems, but the

actual solutions were obtained by design improvements.

In the case of the Canopus sensor, the tube was modified

by internal structural stiffening. The vidicon solution was

obtained by vibration isolation. This reaffirms the fact

that the best approach to the solution of environmental-

type problem areas is to improve the design rather than

to change the test requirements.
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XXh SYSTEM TESTS

System testing of the Mariner Mars spacecraft took

many different forms, but in all cases the purpose was to

test the spacecraft as a complete system. The system tests

differed from the assembly-level environmental tests in

that the spacecraft was tested for its actual operation as

an integrated system.

The intersubsystem tests usually initiated system test-

ing and differed from the system tests in that the space-

craft was not completely assembled electrically and was

not necessarily operated in any semblance of the flight

sequence. The intersubsystem tests were performed at

SAF only during the initial spacecraft buildup; they were

not required at Cape Kennedy because the spacecraft
had been completely assembled and subsystem-tested at

SAF before shipment.

Similar system tests were performed both at Cape

Kennedy and at JPL, and differed only in minor detail
because of the difference in facilities. Other tests such as

the ESF test and the on-pad functional tests, which had

been simulated by dummy runs at JPL, were performed

only at the Cape. The test sequence was highly depen-

dent on the availability of test facilities and equipment;

however, general principles were usually followed:

1. A system test always followed assembly and sub-

system checkout, to verify the functional integrity

of the spacecraft.

2. A system test always preceded the shipment of

and followed the arrival of the spacecraft at

Cape Kennedy.

3. The last system test was performed before final

commitment of the spacecraft to the launch pad.

After this test, no flight equipment could be re-
moved or connectors disconnected.

4. The weight and CG, free mode, matchmate, dummy

run, and vibration tests were always grouped to-

gether, because the spacecraft had to be assembled

in the full flight configuration during these tests.

5. The magnetic mapping test was usually performed

during or after a system test while the spacecraft

was still in an electrically complete configuration.

The system tests exercised the spacecraft through the

flight sequence from launch to picture playback in all

primary and backup modes. For example, several en-

counter sequences were performed with some using

CC&S commands and others using ground commands.

System tests were performed several times on each

Mariner spacecraft, at both JPL and Cape Keimedy. All

of these tests were essentially identical, except for minor

changes caused by the normal evolution of the procedure.

The "combined system test" was the overall name given

to the preliminary Cape Kennedy on-pad tests. These

tests were performed on the launch vehicle and on the

spacecraft. The spacecraft portion of the combined sys-
tem test included:

1. Spacecraft/launch complex functional tests

2. Calibration of the RF links between the spacecraft,

the blockhouse, and Hangar AO

3. Countdown Part 1 and Countdown Part 2

4. Cooling

5. J-FACT

6. Simulated launch

7. RF interference

8. Umbilical release and cooling blanket retraction

The flight-acceptance composite tests performed at

Cape Kennedy were a part of the combined system test.
The Atlas, Agena, and spacecraft interfaces were verified

by J-FACT, which was primarily concerned with the

postlaunch interfaces between the Atlas and the Agena.

Spacecraft participation in J-FACT ended essentially at

launch when the spacecraft umbilical was pulled. The

Countdown Part 2 portion of the launch countdown

dummy run was an exact simulation of the actual hunch

day countdown. During SAF testing and during the

first series of tests at Cape Kennedy, live pyrotechnics

were not installed and the PIPS was not fueled. Except

for these differences, the countdown was performed as

if the spacecraft were actually going to be launched. The

PTM spacecraft was used to verify the compatibility of

the SFOF and DSIF with the Mariner spacecraft.

A. PTM System Testing

1. Test Description

The PTM spacecraft was used for flight spacecraft

design verification. It was subjected to a variety of tests
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in order to verify spacecraft design and performance.

Many of the tests were performed at more severe envi-

ronmental levels than would normally be expected in

flight. In general, when PTM testing revealed the need

for a design change, the change was incorporated and

tested on the PTM before being included in the flight

spacecraft.

The primary objective of PTM testing was to deter-

mine the degree to which the assembled spacecraft met

the design criteria and restraints in both ambient and

simulated flight environments. Four categories of sup-

plementary objectives had to be fulfilled in order to

attain the primary objective; these are given in Table 82.
Table 83 lists the tests performed on the PTM and de-

scribes the objectives and acceptance criteria of each test.

2. Test Chronology

On November 1, 1963, PTM assembly began at SAF.

Installation and checkout of related facility support

equipment and operational support equipment pro-
gressed concurrently.

The PTM was used for design verification of the flight

spacecraft that were assembled at SAF in early 1964.

This prototype of the final flight spacecraft was sched-

uled to be subjected to a variety of tests (many at more

severe environmental levels than would normally be en-

countered in flight) in order to verify spacecraft design
and performance.

Detailed test procedures were released just before

the performance of each test on the PTM. Testing of the

PTM provided the means of validating the test proce-

dures for use on the flight spacecraft. All problems or

failures that occurred during testing were recorded on

problem/failure reports.

During the assembly period (November 1 through

December 18, 1963), a controlled disassembly and inspec-

tion of all PTM equipment as-delivered was performed.

This inspection uncovered some discrepancies that, in

most instances, were corrected. As a result, the PTM

was assembled to the electrical test configuration (with-

out solar panels, solar pressure vanes, thermal shields, or

temperature control louvers), and very few major me-

chanical or electrical interface problems occurred. The

assembly was completed on schedule; however, because

of variances in hardware delivery to SAF, the actual
sequence of installation of the individual subassemblies

differed somewhat from the optimum installation se-

quence, and non-flight-equivalent equipment was used

as a temporary substitute in many instances when PTM
hardware was not available.

Table 82. Supplementary objectives of
PTM system testing

Category Objectives

Interface

compatibility

and system

performance

Parameter

variation and

failure mode

Environmental

performance

Miscellaneous

To demonstrate that the subsystems exhibited

nominal performance characteristics.

To demonstrate that the spacecraft would perform

all logic functions for a normal flight sequence

in all appropriate operational modes.

To verify that all system analog signals were within

tolerance and remained in tolerance throughout

the test program.

To establish that the input threshold of digital

circuits had an adequate margin above the

spacecraft noise level and an adequate margin

below the input signal level.

To verify that each subsystem met the requirements

of its functional specification and design

specification.

To demonstrate that, as various failures were

induced in the primary function, the backup

circuits and redundant paths performed as

intended.

To verify that none of the backup circuitry or

redundant paths, when in their quiescent modes,

interfered with the proper operation of their

primary function.

To determine the effect on the Spacecraft System of

certain selected failure modes, and to develop

possible corrective procedures.

To evaluate system performance characteristics

during a planned series of parameter variations at

extremes of tolerance.

To determine design safety margins by varying

parameters outside the specified limits.

To demonstrate that the Spacecraft System would

perform to specification during and after

subjection to prelaunch, boost, and injection

environments.

To demonstrate operability of the Spacecraft System

under a simulated space environment.

To determine if the signals exhibited excessive long-

term drift rates, even though they remained in

tolerance.

To determine failure rates within the time available.

To develop and verify the system test procedures far

such functions as flight readiness testing, data

acquisition and processing, and communications.

To develop a testing procedure and to train

operations Fersonnel.
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Table83. PTMtestobjectivesandacceptancecriteria

Category Objectives

Mechanical

assembly

operation

System test

complex and

facility sup-

port equip-

ment test

System test

complex/

spacecraft

ground

integrity test

Initial power

application

Subsystem tests

Intersubsystem

tests

To assemble all components of the PTM structure,

superstructure, mounting bracketry, cables,

electronic cases, and antennas for verification

of the mechanical design and alignments.

To assemble and test the STC and its related

flight support equipment (without a spacecraft)

to verify their complete readiness to support

the Mariner system test effort. The STC and

facility support equipment could not violate

the grounding philosophy dictated by the

spacecraft and OSE design specifications. There

had to be a minimum of 2 M_ in which infinite

resistance was specified. All interfaces had to

be correct in design and operation.

To verify that the grounding techniques of the

spacecraft and STC conformed to JPL

specifications (that no unknown ground loops

were present in the spacecraft and none were

introduced when the STC was connected to

the spacecraft).

To safely apply and distribute spacecraft

electrical power to a newly assembled

spacecraft, and verify that the power met the

applicable specifications. If new assemblies

had to be substituted at any time after the

completion of initial power application, the

portion of the procedure involving the

hardware to be substituted had to be performed

again before the circuitry was incorporated

into the Spacecraft System.

To evaluate the performance of each subsystem

while operating with spacecraft power.

To minimize the chance of equipment damage

caused by improper interfacing. All interfaces

had to agree with the circuit data sheets and

function per design specification.

To functionally test all interfaces between

subsystems and verify their agreement with

the circuit data sheets. If new assemblies had

to be substituted at any time after the

completion of these tests, the portion of the

procedure involving the hardware to be

substituted had to be performed again before

the circuitry was incorporated into the

Spacecraft System.

To make a preliminary determination of any

possible effects the subsystem might have on

the system environment. No major interactions,

except those specifically designed into the

spacecraft, could exist between spacecraft

subsystems.

Category Objectives

Telemetry

channel

calibration

System tests

Parameter

variation

tests

Magnetic

mapping of

spacecraft

and solar

panels

Weight and CG

measurement

Matchmate to

Agena

adapter and

shroud

Dummy run tests"

Free-mode test

To verify (and correct, if necessary) calibration

curves for all telemetry channels. System

calibration and monitoring had to guarantee

that the stability and accuracy of each

telemetry channel were within design

specification tolerance.

To establish the functional integrity of the

spacecraft within the constraints imposed by

testing operations and the Earth environment.

All subsystems had to operate per functional

specification. (All instances of anomalous

performance had to be completely documented,

thoroughly investigated, and appropriate

disposition made.)

To determine the effects on spacecraft behavior

of controlled variations in selected system

parameters.

To measure the magnetic fields produced at the

Magnetometer sensor by current flow in the

various spacecraft subsystems and spacecraft

harnesses. Sufficient data had to be obtained

to accurately determine the magnetic

characteristics of the spacecraft.

To determine the components of the permanent

magnetic field of the spacecraft and of the

coefficients of induction for an external

magnetic field at the location of the

Magnetometer sensor.

To accurately determine the actual weight and

CG of the spacecraft (cruise configuration),

and to adjust the PIPS thrust axis to the

spacecraft CG.

To prove the mechanical and electrical interface

compatibility between the spacecraft and the

Agene adapter and shroud.

To verify the compatibility of the ICE with the

spacecraft.

To evolve and test the procedures to be used for

the actual launch.

To demonstrate the correct operation of the

spacecraft on solar power without any electrical

connection to support equipment.

To verify the functional integrity of the

spacecraft in the absence of any support

equipment electrical connections.

ISimulated precountdown, simulated countdown, and live pyrotechnics test.
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Category Objectives

Simulated

midcourse

interaction

test

Space.simulator

tests

Vibration tests

SFOF/DSIF/

spacecraft

compatibility

test

Failure-mode

tests and

logic circuit

test

Table 83. (Cant'd)

To verify that the autopilot subsystem is

capable of maintaining and controlling

spacecraft attitude during the burning of the

PIPS motor, and to verify that the dynamic

properties of the spacecraft structure do not

have a harmful effect on autopilot

performance.

Part 1. To establish the functional integrity of

the spacecraft while operating in a simulated

space environment.

Part 2. To verify the design of the temperature

control subsystem.

To verify that the spacecraft could operate

satisfactorily during and after exposure to

acoustic and vibration levels higher than

those expected during the boost phase from

the Atlas and the Agena.

To achieve early compatibility verification

among system elements of the SFOF, DSIF,

and the spacecraft. The SFOF and DSIF had

to be capable of performing to spacecraft and

mission requirements, since this test was their

responsibility.

To investigate the effects on the overall system

of selected failures that could not be easily

analyzed otherwise. All spacecraft behavior

under abnormal conditions had to be

completely understood. Sufficient data had

to be obtained to permit the SPAC director to

exercise his team under nonstandard conditions.

Category

EMI tests

Test support for

MC-2, MC-3,

MC -4

Flight-spares

system

qualification

on PTM

Objectives

To determine the RF susceptibility of spacecraft

and OSE when subjected to an RF environment

similar to that expected at the Cape. Spacecraft

performance could not be degraded when the

spacecraft was irradiated by RF sources

simulating all known AFETR sources.

To determine the contribution from spacecraft

subsystems to the RF level that might degrade

the performance of the spacecraft receiver.

Power absorbed had to be low enough to

guarantee that pyrotechnics would not fire.

To measure the RF susceptibility and power

absorption of the pyrotechnics subsystem. The

levels measured had to be low enough to

prevent intrasubsystem interference.

To measure the RF noise levels of the STC and

the conducted interference of the OSE power

cables.

To perform detailed investigations and problngs

of all problems encountered during the test

program of the flight spacecraft, including

the flight test.

To verify that the spare electronic equipment

functioned normally in the Spacecraft System

environment. Flight spares had to operate in

the system for at least 100 hr. Spares qualified

on MC-4 had to undergo at least 100 hr of

space-slmulator testing and pass vibration tests

at FA levels.

The system test complex and its related facility sup-

port equipment were installed and tested during the

spacecraft assembly period. By December 13, 1963,

the following tests of the STC and facility support equip-

ment had been satisfactorily completed:

1. Cabling continuity

2. STC ground integrity

3. Initial application of power to the STC

4. Self-test of each spacecraft subsystem OSE

5. Testing of the interfaces between components of
the OSE

6. Measurement of the EMI produced by each item of

OSE and facility support equipment on the STC

The initial application of spacecraft power (as op-

posed to OSE power) to each of the spacecraft sub-

systems was begun on December 19 and satisfactorily

completed on December 24, 1963. Photographs were
taken of the various voltage and current waveforms for

comparison with photographs previously taken during

launch-type testing in the laboratory.

The PTM subsystem interface test was performed dur-

ing the period of December 30, 1963 through January 10,
1964. In this test, all interfaces between subsystems were

open-circuit and closed-circuit checked using extensive
instrumentation. Most of the interfaces checked out nor-

really and compared favorably with the circuit data sheets.

The last of the interface testing was completed on

January 10, 1964. _'The telemetry interface checkout was

successful and showed only minor problems. The science

and video storage interface checkouts revealed some

"Tile remainder of the tests were performed in 1964.
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problems associated with the start and end-of-tape sig-
nals in various modes noted. This system interface, how-

ever, did include playback of lines of TV data to the

ground telemetry subsystem,which provided preliminary

confidence that the total TV data link was operable.

A special test performed on the attitude control sub-

system included investigation of noise and its effects on

the autopflot. This test was based on results of the SMIT

performed at Langley Research Center using the STM

spacecraft. A successful pyrotechnics subsystem test was
performed on January 14.

System Test 1, prelauneh to postencounter phase, was

performed on January 16. The general results of the test

were encouraging and indicated that the spacecraft per-

formed functionally to specification.

The postencounter portion of System Test 1 was per-

formed to check out the backup modes at encounter and

to play back one picture from the video storage subsys-

tem. The telemetry processing station was "on line" dur-

ing the entire test, and information was printed out on
both the line and character printers.

The concept of computer monitoring of spacecraft

operations was demonstrated to be feasible, and the

effort to make the system completely operational and

more useful before the start of flight spacecraft testing
was increased.

Parameter variation tests were started on January 27.

The first part of the tests consisted of varying the booster-
regulator output to a lower-than-nominal value and ob-

serving the spacecraft characteristics. The preliminary

results indicated that the spacecraft worked normally

around 49 vdc, and exhibited various subsystem abnor-
malities when the booster went below this level. Some

of the difficulties experienced were:

. The data encoder bit rate went from the normal

8% to a 5 bps value due to shift in spacecraft ref-

erence frequency.

2. The science DAS went out of synchronization.

3. The radio subsystem could not be locked up.

The second part of the test consisted of:

1. Setting the booster to a higher-than-nominal value
of 58 v

2. Varying the synchronizer frequency to 36.9 kc from
a nominal 38.4 kc

3. Setting the synchronizer frequency to 39.9 kc

A thermal control power survey was conducted to

determine and verify the power dissipation figures used

in the design. Fifty power measurements were made, and

the results of the survey indicated that the data obtained

compared closely with the design data.

A thorough survey was performed to determine the

status of the outstanding engineering change requests.

Arrangements were made to release all equipment so

that the changes could be incorporated and tested before

delivery to SAF.

Before the attitude control gas subsystems were re-

turned to SAF, a leak test was performed. During the

test, it was discovered that the low-pressure side had

severe leaks. These leaks were fixed and the system was

pressurized and checked at flight value.

The primary requisite for performing the second sys-

tem test was to test the complete spacecraft with all

known deficiencies removed and with all the latest engi-

neering changes incorporated.

A preliminary checkout of the spacecraft was per-

formed on February 21 in order to test the many changes

that had been incorporated in the spacecraft equipment.

Problems in the power area and the computer data sys-
tem were later resolved.

System Test 2 was performed during the period

February 24 to February 26. The major problem experi-

enced during the system test was an abnormal encounter

sequence, which probably resulted from a supersaturated

spot on the TV vidicon tube.

A partial reset of the data encoder event counters was

noted. This problem was associated with the power sub-

system (OSE) scanning. The EMI group radiated the
spacecraft with all known onboard and offboard sources.

The only interference noted was with the Agena teleme-

try 242.3-Mc signal. There was an apparent 10-db in-

crease in the radio subsystem telemetry channel power

readout from the precision coupler. Tests confirmed that

the pickup was being induced by a coaxial cable in the

precision coupler link. The data encoder experienced

interference on the low-level signals.
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Permanent magnetic field mapping was performed on 
the spacecraft upon completion of System Test 2 using a 
specially designed fixture (Fig. 390 and 391). Preliminary 
reports indicated that a 50 y field was present at the 
sensor due to the permanent magnetic field of the space- 
craft. The sources of this field were not located, 

Fig. 390. Spacecraft in position for magnetic 
mapping test 

Fig. 391. Spacecraft preparation for 
space-simulator testing 

Upon completion of the magnetic mapping, the space- 
craft was prepared for the space simulator. The thermo- 
couples, solar panel stubs, attitude control special gas 
manifolds, and thermal shields were installed. The space- 
craft was delivered to the space simulator and suspended 
in the chamber on March 4 (Fig. 391). The system veri- 
fication test was performed between March 5 and 7, 
when the chamber doors were closed and the evacua- 
tion started. 

During the system verification test, numerous prob- 
lems were encountered with the new testing configura- 
tion. Difficulty was experienced in obtaining the narrow 
angle Mars acquisition via the narrow angle Mars gate 
and by DC-16. Since a normal science encounter se- 
quence could be attained using the TV planet-in-view 
signal, it was decided to go into the space-simulator test. 

The solar pressure vane actuators could not be driven 
in both directions. The effect of gravity was determined 
to be the cause, and it was decided to proceed with the 
test even though only unidirectional drive was available. 

The first part of the space-simulator test started on 
March 7. This test established the functional integrity 
of the spacecraft while operating in a simulated flight 
environment. Throughout the 10-day operation of the 
spacecraft, the radio subsystem did not perform normally 
with either of the two power amplifiers. The problem 
was apparently caused by the lack of a thermal path for 
the cavity baseplates. The CC&S OSE (including special 
function boxes) caused several anomalies that resulted in 
the CC&S commands being issued at abnormal times. 

The attitude control Sun sensor stimulus lamps failed, 
and the only valves that could be actuated were the 
positive yaw and roll jets. This failure was due to an 
improper design that did not permit the stimulus lamp 
heat to be carried off by conduction. The Cosmic Dust 
Detector accumulators showed some spurious counts. 
Despite some difficulty in the video storage subsystem 
area during the encounter record sequence, the test ob- 
jective was not invalidated. The TV picture data was 
played back satisfactorily. 

On March 17, the formal space-simulator test was com- 
pleted and, on March lS, the chamber door was opened 
and the postjracuum test performed. After the test the 
spacecraft was returned to SAF. 

On March 19, disassembly was started to allow incor- 
poration of outstanding engineering change requests. The 
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spacecraft was reassembled and prepared for vibration.

All nuts and bolts were torqued to their specified values,
and 40 instrumentation accelerometers were mounted

throughout the spacecraft.

On March 28, the spacecraft was transported to the

vibration facility. On March 30, the TV optics and elec-

tronics were sent to the TV laboratory for incorporation

of a vidicon tube. Power was applied to the spacecraft

and a system verification was performed. At that time,

it was discovered that only one solar pressure vane actu-

ator worked properly; all the others malfunctioned com-

pletely or in part. The verification test was completed on

March 30. On March 31, the spacecraft was installed

on the Agena adapter and then mounted on the vibration

fixture. The remaining events of the vibration test were

completed between April 1 and 6.

The spacecraft was excited in torsional, roll, and lat-

eral axes, and subjected to acoustic vibration. The space-

craft passed all axes of vibration except for these

principal discrepancies:

1. The science cover latch mechanism tore loose from

its honeycomb structure during the first lateral

(X-axis) vibration. The cover was repaired and re-
installed in time for the roll-axis vibration.

2. The Canopus sensor failed during vibration on one

of the axes. This failure was discovered during the

last verification test on April 6.

The spacecraft was retttmed to SAF on April 7 and

preparations were started for the second portion of the
space-simulator test. The instrumentation accelerometers

were removed for this test. The spacecraft was weighed
on April 10 and a CG determination was made. The total

spacecraft weight was approximately 576 lb.

On April 18, a system verification test was performed

outside the JPL space simulator. On April 19, the PTM

was suspended in the space simulator and a thermal con-

trol test was begun. The primary purpose of this test was

to verify the design of the temperature control subsystem.

In addition to testing the spacecraft in the new minimum

cable configuration, a major change was made to the

thermal shields installed on the spacecraft. These shields

were changed primarily to reduce weight. The chamber

was pumped down on April 22, and the thermal control

test was completed on April 24. The test was satisfactory

and the preliminary results indicated no problems.

On April 25, the spacecraft was prepared for magnetic

mapping. The spacecraft was mapped on April 25 and 26

in order to establish what, if any, effects the strong mag-

netic fields from the vibration tables had on the space-

craft magnetics.

The Agena matchmate test was started on April 27 and

was completed satisfactorily on April 30. On May 2,

precountdown checks were started which were designed

primarily to check out the compatibility of the launch

complex equipment with the spacecraft and to evolve the

procedures that would be used for the launch complex

activities. The simulated precountdown took approxi-

mately 6 hr to complete, and all systems functioned nor-

mally. The spacecraft was radiated with electromagnetic

radiation throughout the test. Preliminary results showed

that the spacecraft was unaffected by offboard and on-

board sources while it was in the launch configuration

with the shroud on. The spacecraft low-gain antenna

radiated 100 w of S-band power, and the results indi-

cated that there was no danger of the squibs being acti-

vated by this relatively high-powered RF environment.

Two simulated countdowns were performed on May 5.

The first countdown was a short one in which the space-

craft was conditioned into the launch mode, and evalua-

tion was limited essentially to the observation of the

telemetry signals. The second countdown exercised the

spacecraft extensively by using all of the umbilical

and RF command links. All subsystems performed as
designed.

The pyrotechnic shock test was performed on May 6

and 7. The test consisted of activating the pyrotechnic

devices, which release the shroud V-band and the space-

craft V-band, as well as the spacecraft pyrotechnics,

which release the solar panels and planetary scan plat-

form. The results indicated that the spacecraft could

survive these environments without difficulty, although

pellets flew when the shroud V-band was released. (It

was not known at that time whether the pellets could

penetrate the shroud and damage the spacecraft.)

The PTM was prepared for SMIT operations from

May 11 through May 14. The SMIT operations were

started on May 15 and were concluded successfully on

May 22.

On May 23, the PTM spacecraft was prepared for an

investigation of the anomalous behavior experienced dur-

ing the encounter phase of the thermal control test. After

extensive testing in the space simulator with special

cabling and circuitry, the problem was isolated to the

ultraviolet photometer.
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On May 28, the PTM was returned to SAF and was

connected to the LCE to determine if the LCE per-
formed normally after the major cleanup, which followed

PTM simulated precountdowns and countdowns. All

equipment performed normally. Except for a few minor

modifications that were to be incorporated, the LCE was

essentially ready for shipment to Cape Kennedy.

The PTM was prepared for vibration on June 2 and 3

and was then moved to the environmental facility. The

spacecraft was vibrated in the X-Y axis and no visual

damage was observed. On June 4, the spacecraft was
vibrated in the Z axis, after which it was returned to
SAF. The results of this vibration test showed that the

Canopus sensor with the heavy-gauge wire tube was able
to survive the vibration environment.

By June 5, the spacecraft had been updated and all

outstanding engineering change requests were incorpo-

rated, the most significant of which were:

1. Hybrid radio subsystem

2. DC-22, DC-28, and DC-29 circuitry, and the appro-
priate harness changes

. Extensive changes in the power subsystem, includ-

ing the booster switchover circuitry modifications,

that changed the time constant from 10 to 3 sec and

the level of switching to 48 v

4. New absorptivity standard

. New transformer in the onboard CC&S relay hold

module, which subsequently operated normally on

the first try.

On June 12, a special noise investigation began. The

noise between various signal grounds and the spacecraft
ground was measured and documented. The data en-

coder susceptibility to half-phase resets and loss of syn-
chronization in the lower decks was established when

the power subsystem was put into and out of boost

mode. The known ground loops were interrupted to de-
termine their effect on the data encoder behavior. How-

ever, the breaking of the ground loops did not eliminate

the synchronization and half-phase resets. The half-phase

resets were not considered a major problem.

On June 13, one-half of the gas subsystem was re-
moved from the spacecraft for repair of a leak that had

developed in the bellows. It was estimated that the flex-

ible joint was actuated approximately 65 times. The sys-

tem was not stress-relieved, so the problem might also

have been associated with handling.

On June 15, a series of investigations were conducted
to determine if the effects of the noise due to ultraviolet

photometer high-voltage breakdown could be prevented
from disturbing the spacecraft circuitry. The results of

these tests indicated that, by appropriate filtering on all

lines going to the ultraviolet photometer or by isolating

the photometer cabling, the effects of high-voltage break-
down could be eliminated.

On June 16, the non-real-time welded DAS type-

approval unit was installed, and the compatibility test

between the SFOF and the spacecraft was started. The

first day of testing consisted of going through the launch

mode and the Sun and Canopus acquisition modes twice;

no spacecraft failures occurred. On June 17, two mid-

course maneuvers were performed. The first maneuver

was aborted by SPAC. At the end of that day's test, an

inadvertent DC-25 (encounter science on) command was

issued to the spacecraft. The SFOF test director chose

to proceed with this nonstandard operation to exercise

the SFOF, SSAC, and SPAC Groups and the data system.

Full recovery from the nonstandard operation was ob-
tained within I hr.

On June 18, the spacecraft was exercised through two

encounter modes and one playback mode. All spacecraft

functions were normal. The SFOF/spacecraft compati-

bility test was concluded on June 19. The spacecraft was

then placed in the cruise mode and the command matrix

was tested for SFOF familiarization. The spacecraft

operated normally.

A spacecraft logic circuit test was performed from

June 23 to June 25 to examine in detail the performance

of the onboard spacecraft logic concerned with monitor-

ing, switching, and inhibiting functions. Satisfactory re-
sults were obtained.

On June 25, the free-mode test procedure was fol-

lowed while the spacecraft was connected to the STC

with all direct-access cables. The purpose of the test was

to obtain a basis for comparison of flee-mode and cable-

mode testing. The spacecraft was then prepared for the

free-mode test. This preparation consisted mainly of

installing the traveling wave tube amplifier in the radio

subsystem.

The results of the flee-mode test established the com-

patibility of the solar panels and the spacecraft, the
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ability of the spacecraft to give valid data even though

connected to direct-access cables, and the adequacy of the

onboard circuitry to operate in a sharing mode with

the battery and on full solar power. The test was con-

sidered very successful and demonstrated that the tran-

sients affecting radio power amplifier and exciter

switching, data encoder half-phase resets, and data en-

coder deck skipping were also present when there were
no connections to the OSE.

On June 29, the free-mode configuration was again

established to permit the magnetometer personnel an

opportunity of seeing the current-field changes in this

configuration. A special coil was used to take the mag-
netometer sensor out of saturation; the initial results

indicated that the current field was insignificant.

From June 30 through July 7, the transfer of radio

power amplifiers and exciters, the data eneoder half-

phase resets, and the deck skipping phenomena that

occurred with power transients were investigated. Prior

to the investigation, the abnormal behavior of the radio

and data encoder occurred in an unpredictable fashion.

In certain spacecraft modes, the transient would occur at

certain times, but could never be repeated consistently

during investigation periods. The investigation during

that period established a repeatable method of obtaining
abnormal indications in the radio and data encoder sub-

systems: placing the spacecraft in a share mode between

solar power and battery power at a very precise level

and then releasing the boost-mode inhibit at the power

OSE. Having established such a control, the investiga-

tion was centered around observing the DC-7 (change

power amplifiers) command and the DC-8 (change ex-

citers) command lines. This investigation showed that

radio switching originated in the command isolation-
pulse switch. Corrective action was taken to lower the

resistance of the 10-v power-supply load resistor to

the command circuitry from 220 to 1 f_, which, in turn,

desensitized the response of the isolation-pulse switch
to transients.

The data encoder investigation showed that the half-

phase reset was originating in the spacecraft harness. The

corrective action taken involved disabling the OSE reset
line at the data encoder module.

The deck skip phenomena could not be isolated to a

single circuit and were probably the result of cumulative

pickup in cable harnessing in general. The removal of

any cable-harness function from the data encoder caused

the data encoder's deck-skipping susceptibility to de-

crease, but no one line by itself showed the same effect.

Major design changes were required to remove this

effect, and the problem was not considered serious

enough to require such action.

Between July 8 and 10, the half-phase reset, radio sub-

system switching, and design changes were verified. The

incorporated changes seemed to eliminate the problems

associated with power transients.

A parameter variation test was started on July 10 after

the installation of 60-v Zener diodes on the output of the

booster-regulator in the power subsystem. This test was
a rerun of a test conducted on the PTM much earlier in

the program. Its objective was to establish whether the

margins of operation increased as a result of the changes

incorporated in the power subsystem. The test consisted

of varying the dc input to the 2.4-kc inverters (normally

furnished by the booster-regulator), and varying the

38.4-kc synchronizer frequency (normally furnished by

the CC&S). The spacecraft was operated through five

modes of parameter variation, and, in all cases, above-

normal spacecraft functions were observed up through

but not including encounter. During encounter, the video

storage, DAS, and TV subsystems would not operate

properly at these limits.

The Canopus sensor operated normally in all of these

tests, as well as on the backup 38.4-kc isolator in the

power subsystem and on the free-running mode of

the power subsystem.

Video storage and encounter science subsystems were

run through a special test at ±2% frequency variations.

Performance of all subsystems was normal. Video storage

also worked well when recording at +2_ and playing

back at -2%.

The PTM was inactive during much of the MC-4

buildup and test. Immediately preceding the launch of

Mariner IH, the PTM spacecraft was put in a full flight-

support configuration and connected to its STC.

During the launch and postlaunch phases, various

effects of the apparent nonseparation of the shroud from

the Mariner III spacecraft were simulated. These in-

cluded operation of the system at low bus voltage, inter-

action between attitude control gas-valve operation and

the Magnetometer (in the "panels up" configuration),

and spacecraft free-mode operation during daylight

hours (also in the "panels up" configuration).
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During preparation for a vibration test, the spacecraft

receiver had difficulty locking to the ground test trans-

mitter (the AGC readout indicated a displacement from

the normal no-signal condition, and telemetry AGC indi-

cated an input signal whether the test transmitter was

on or off). It was found during testing of the radio that

an internal lock condition could occur when the ranging

receiver was on. It was decided to modify the count-
down procedure to delete the use of the ranging receiver

in the transponder during launch.

Additional tests were conducted to help resolve some

spacecraft behavior characteristics observed during the

Mariner III flight.

During a system verification test that occurred after
Mariner IV was launched, a midcourse maneuver was

conducted to confirm OSE and spacecraft ability to per-

form the maneuver and provide practice for the SFOF

operations team. A test on December 3 verified that the

SFOF tapes for the MC-3 midcourse maneuver com-

mands were of proper duration and polarity.

A special test was performed to determine why the
spacecraft lost Canopus after DC-27 was sent. Various

power-change transients and roll error values were used

in an effort to knock the Canopus sensor out of track.

The Canopus sensor did not lose lock at any time.

On December 11, a plasma probe test was conducted

to observe the effects of the noise due to high-voltage
arc on the science DAS and data encoder. The science

DAS lost synchronization and the data encoder skipped
on the 200-deck segment of the commutator. Neither

radio nor attitude control subsystem was affected.

B. Flight Spacecraft System Testing

1. Test Description

The primary objective of the flight spacecraft test plan
was to provide two fully-qualified spacecraft for the first

day of the available launch period of the 1964 Mars

mission. Table 84 lists the tests performed on the flight

spacecraft and describes the objectives and acceptance
criteria of each test.

To meet the primary objective, the total assembly and

test time (approximately 7 months) was apportioned on
the basis of the following considerations:

1. The testing was not to verify design, as in the case

of the PTM, but rather to verify that the equipment

operated normally. The testing was primarily con-

cerned with qualification, and used the test data

obtained from the PTM as a standard against which

to check flight spacecraft performance.

2. The flight spacecraft acceptance criteria were:

(a) the spacecraft operate for 250 hr in a solar-

vacuum environment without any major failures.

(A major failure was defined as one that would

prohibit the successful completion of the mission;

e.g., a power failure would be considered major,

whereas a temperature transducer failure would

be considered minor.) (b) The spacecraft could be

shipped to AFETR only upon successful completion

of the final system test at JPL. (A successful system

test was defined as one in which no major misop-

eration occurred.)

3. The flight system spares had to be qualified in a

system environment before incorporation on MC-2

or MC-3 spacecraft. The minimum system qualifi-

cation time for any subsystem was 100 hr.l°The

PTM and the MC-4 spacecraft were used to qualify

the flight spares.

4. The same methodical and cautious initial power

application and intersubsystem tests were per-

formed on the flight spacecraft as were performed
on the PTM.

5. Since only one spacecraft had been tested before

the flight spacecraft test plan, verification tests

were performed on all subsystems to ensure that

their outputs were within specification and com-

pared closely to the PTM; e.g., a parameter varia-

tion test was performed on the flight spacecraft,

and the overall effects were studied and compared

to the results obtained from the PTM test. However,

the limits of any variation were restricted to the
tolerance boundaries.

6. The environmental tests, both vibration and space

simulation, were scheduled to be performed as close

to the shipping time as possible. The object was to

give maximum assurance that the equipment com-

mitted to the mission was the equipment used to

meet the qualifications stated in (1).

7. The testing ensured compatibility of the spacecraft
and all other elements used in the Mars mission.

The Space Flight Operations System did not under-

go formal testing with the flight spacecraft as it did

'"Total test tilne (subsystem and system) was 400 hr minimum.
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Category

Mechanical

assembly

operations

STC and facility

support

equipment

test

STC/spacecraft

ground

integrity test

Initial power

application

Subsystem tests

Intersubsystem

tests

Table 84. Flight spacecraft test objectives and acceptance criteria

Objectives

To assemble a flight spacecraft for verification

of the mechanical design and alignments.

To assemble and test the STC and its related

facility support equipment (without a space-

craft) in order to verify their complete readiness

to support the system test effort. The STC and

facility support equipment could not violate the

grounding philosophy dictated by the spacecraft

and OSE design specifications. There had to be

a minimum of 2 M_ where infinite resistance

was specified. All interfaces had to be correct

in design and operation.

To verify that the grounding techniques of the

spacecraft and STC conformed to JPL

specifications (i.e., that no unknown ground

loops were present in the spacecraft and were

not introduced when the STC was connected

to the spacecraft).

To safely apply and distriEute spacecraft electri-

cal power to a newly assembled spacecraft,

in order to verify that the power met the

applicable specifications. If new assemblies

had to be substituted at any time after the

completion of initial power application, the

portion of the procedure involving the

hardware to be substituted had to be performed

again before the circuitry was incorporated

into the Spacecraft System.

To evaluate the performance of each subsystem

while operating with spacecraft power.

To minimize the chance of equipment damage

caused by improper interfacing. All interfaces

had to agree with the circuit data

sheets and function per design specification.

To functionally test all interfaces between

subsystems and to verify their agreement with

the circuit data sheets. If new assemblies had

to be substituted at any time after the

completion of the intersubsystem tests, the

portion of the procedure involving the

hardware to be substituted had to be performed

again before the circuitry was incorporated

into the Spacecraft System.

To make preliminary determination of any

possible effects the subsystems might have on

the system environment. No major interactions,

except those specifically designed into the

spacecraft, could exist between spacecraft

subsystems.

Category Objectives

System test

Telemetry

channel

calibration

Matchmate and

Agena

adapter and

shroud

Dummy run

tests (simu-

lated pre-

countdown

and simulated

countdown)

EMI tests

Space -

simulator

tests

Vibration tests

CG measuremen'

To establish the functional integrity of the

spacecraft within the constraints imposed by

testing operations and the Earth environment.

All subsystems had to operate per functional

specification. (All instances of anomalous

performance had to be completely documented,

thoroughly investigated, and appropriate

disposition made.)

To verify (and correct, if necessary) calibration

curves for all telemetry channels before the

final system test. The accuracy of each

telemetry channel had to be within the design

specification tolerances.

To establish early compatibility between the

spacecraft and the Agena adapters and

shrouds.

To verify the compatibility of the LCE with the

flight spacecraft.

To verify the procedures to be used for the actual

countdown.

To train personnel for the actual countdown.

To determine the RF susceptibility of spacecraft

and OSE when subjected to an RF environment

similar to that expected at Cape Kennedy

To determine the contribution to spacecraft

subsystems to the RF level that might degrade

the performance of the spacecraft receiver.

Spurious noise levels could not exceed the

tolerances established in JPL specifications.

Part 1. To establish the functional integrity of

the spacecraft while operating in a simulated

space environment.

Part 2. To perform a final verification of the

ability of the temperature control subsystem

to maintain spacecraft temperatures within

design limitations.

To verify that spacecraft performance in a

simulated space environment was not affected

by test cables.

To verify that the spacecraft could operate

satisfactorily during and after exposure to FA

vibration levels (determined from those

expected from the Atlas and Agena during

the boost phase).

To accurately determine the actual weight and

CG of the spacecraft (cruise configuration),

and to adjust the PIPS thrust axis to the

spacecraft CG.
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Table 84. (Cant'd)

Category Objectives

Free-mode test

Magnetic

mapping of

spacecraft

and solar

panels

To demonstrate the correct operation of the

spacecraft on solar power, without any

electrical connection to support equipment.

To verify the functional integrity of the

spacecraft in the absence of any support

equipment electrical connections. Sufficient

telemetry data had to be obtained to verify the

correct operation of the power subsystem in

the system environment using solar power.

To establish initial compatibility among the

solar panels, their cabling, and the spacecraft.

To verify that the STC and associated cabling

do not affect spacecraft data readouts.

To measure the magnetic fields produced at the

Magnetometer sensor by current flow in the

various spacecraft subsystems.

To determine the components of the permanent

magnetic field of the spacecraft and of the

Final inspection

and system

test

Preparation for

and shipment

to Cape

Kennedy

OSE arrival,

examination,

and assembly

at Cape

Kennedy

Mechanical

preparation at

Hangar AO

and ESF

coefficients of induction for an external

magnetic field at the location of the

Magnetometer sensor.

To prepare the spacecraft for launch and to

establish that it was fully acceptable for flight.

All inspection discrepancies had to be resolved,

and all change requests had to be verified as

having been incorporated.

To prepare the STC, spacecraft, and supporting

spares and equipment for shipment to the Cape.

The suspension and cooling capabilities of the

vans used to move the equipment had to be

certified.

To determine, by means of a visual inspection

and temperature and vibration records, that

the spacecraft and the OSE had not been

damaged or exposed to any adverse environ-

ment in shipment.

To complete the mechanical activity required to

mate the spacecraft with the launch vehicle.

During the first launch complex activities, the

test procedure had to be checked out as to its

adequacy to ensure that the spacecraft was

properly prepared for launch.

Category Obiectives

Electrical test

at ESF

Move to launch

complex and

test

Combined

system test

(J-FACT

portion)

Combined

system test a

Verification of

science

calibrations

Final system

acceptance

test

Final mechanical

and electrical

preparation

for flight

Final launch

vehicle/space-

craft

mating and

countdown

To establish that the spacecraft was ready for

the launch complex testing activities.

To verify that all control, power, and monitor

circuitry performed as designed, including

the LCE, long lines, and spacecraft circuitry.

To ensure and demonstrate a working

compatibility of the spacecraft boosters, launch

complex, AFETR, and all supporting agencies

involved during launch attempts, thereby

maximizing the probability of successful

launch during the mission-unique small

launch period.

To simulate the launch countdown exactly

(except for Agena fueling).

To perform final laboratory-type calibrations of

science instruments.

To permit a detailed examination and verification

of the spacecraft readiness far flight.

To complete the mechanical and electrical

preparation necessary for certification of the

spacecraft for flight with such items as test

hardware and protective covers removed.

To perform final verification that all control

circuitry, data links, personnel, and

procedures checked out satisfactorily, and that

the spacecraft was ready to enter the launch

countdown.

nSimulated launch portion,

with the PTM, but spacecraft data were made avail-

able to SFO upon request. Compatibility tests be-

tween the spacecraft, LCE, Agena shroud and

adapter, launch complex, and supporting personnel

were performed at various times during the overall

test program. The test plan was designed to allow

sufficient time for correction of any incompati-
bilities.

2. Mariner III Test Chronology

Mechanical assembly of Mariner III started April 7.

The gas subsystem was delivered to SAF on May 2. The

solar pressure vane actuators required extensive rework

before they could be accepted. The actuators were in-
stalled on the spacecraft but difficulty was experienced

in fitting the gas subsystem to the spacecraft structure.
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Although this problem was resolved, when a flight-type

solar panel was used to determine any mechanical

problems in installing the tubing on the panel, it was

discovered that the dimensions of half of the gas sub-

system did not permit a proper assembly. One-half of
the gas subsystem was removed and sent back for rework,
after which it was returned to SAF to be reinstalled.

The simulated precountdown was started on June 12,

and the simulated countdown was started on June 13. Any

problems experienced during precountdown would have

delayed the launch. The countdown was very successful.

The procedures and personnel were checked out satis-

factorily, and the actual countdown procedure was
finalized.

By May 21, subsystem, ground integrity, and inter-

facing tests were completed. System Test 1 began on

May 22 and was completed on May 27. The test was

very successful and only minor problems were encoun-
tered.

The cooling sheath was found to be unnecessary dur-

ing the dummy run in the air-conditioned building.
However, personnel were familiarized with the installa-

tion of the sheath, and time studies were requested for

the mating and demating of the sheath.

The attitude control leak test was performed from

May 28 through June 1. Preliminary results showed that

some torquing had to be performed after detection of a
large leak; the leak rate after such corrective action was

satisfactory. After completion of the attitude control

leak test, the problems noted on System Test 1 were

investigated.

A noise investigation was performed, and the data en-

coder OSE was found to have an oscilloscope improperly

terminated. The removal of the ground cleared up the
noise.

On June 15 and 16, a matchmate test with the spare

adapter and shroud was performed. Some problems in
procedures and hardware were discovered. There was

an unacceptable amount of RF leakage in the shroud,

and several items had to be sealed to permit effective

spacecraft purging. In addition, the Agena adapter in-

flight disconnector was rotated from the proper position,

the spacecraft V-band safety straps came in contact

with the temperature control louvers, the SIT bracket

was found to be too close to the spacecraft thermal

shield, and the transporter hardware boxes interfered

with the shroud guide-rail system.

An investigation was also performed on the updating
of the Canopus cone angle with the CC&S master timer

commands. It was established that the time interval nee-

essary between sequential commands is 3 sec, and that

the problem encountered in system testing with the

insertion of the updates was caused by insufficient time
between sequential commands.

On June 3, the DAS/Cosmic Ray Telescope interface
problem was investigated, and the OSE was found to

have been partially responsible for the difficulty. A "IV

encounter sequence check was performed, and a normal
TV fast shutter was obtained. On June 3, the video-

storage subsystem was replaced with a flight spare. This

was the first step in cycling out the flight tape ma-

chines for servicing to meet the less than 500 tape passes

required before launch. (The requirement was later re-

duced to 200 passes.)

On June 5, preparation was started for the first Agena

matchmate test, which consisted of mating the spacecraft

with the Agena flight adapter and shroud. Upon com-

pletion of the test, the spacecraft was placed in the SAF

pit area for the simulated precountdown and countdown.

On June 17, updating operations on the spacecraft

began by which all engineering change requests were

incorporated. The attitude control gas subsystem was

installed on June 25. Tedlar cable wrapping replaced

much of the mylar cable wrapping, and power cases I

and VIII were installed on June 29. Proof test model

cases V and VI were installed in preparation for System

Test 2 conducted from July 2 through July 4. Inasmuch

as the radio cases were held up in the subsystem area

due to difficulties in FA qualification, it was decided

to proceed with the system test using the PTM radio
subsystem. This action was taken to ensure that the re-

mainder of the spacecraft was operating normally so that

time would not be lost because of other problems.

System Test 2 was performed in two parts: Part 1 (on

July 2 and 3) consisted primarily of engineering exercises;

Part 2 (on July 3 and 4) consisted of cruise science cali-

bration, radio checks, a normal encounter, playback of

one picture and a two-line scan of all other pictures, and

a cruise science statistical data quiet test. The spacecraft

was in a flight configuration except for a nonflight non-

real-time DAS. The overall system test results were

satisfactory.
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The TV subsystem camera head assembly was re-

moved upon completion of the system test for inclusion
of a new shutter mechanism. Cases V and VI were re-

turned to the PTM, and the PIPS was returned to the

laboratory for substructure modification.

Flight radio cases V and VI were delivered and in-

stalled on the spacecraft. The TWT amplifier failed

shortly after power was applied. While awaiting resolu-

tion of the problem, telemetry calibrations were per-

formed on the receiver and cavity power amplifier. The

damaged TWT was removed after it was found that

there was a circuit problem related to the power supply

in the warmup mode.

A new TV subsystem shutter and filter combination

was installed to eliminate the potential of cold weld, and

a verification test was performed. The new mechanism

was found to be marginal, and a decision was made to

replace the new shutter with one of the original types

that had performed normally in the past.

On July 11, the PTM TWT was installed on Mariner III,

and a bleeder resistor was incorporated to prevent charge

buildup on the colleetor. The TV subsystem camera head

assembly was reinstalled, and the spacecraft was deliv-

ered to the space simulator on July ll to begin electrical

testing. The spacecraft was suspended in the chamber

and all direct-access cables were installed. On July 12,

spacecraft power was turned on, and a system verifica-

tion test was performed. Two planet encounters were

run with playbacks and postencounter cruise phase oper-

ations. After all difficulties experienced during the sys-
tem verifieation test were resolved, the chamber door

was closed, spacecraft power was turned on, and the

chamber was evacuated. The operation was satisfactory

until July 15, when it was discovered that the Canopus

sensor was not operating properly. Since it was believed

that the high-voltage circuitry of the sensor had failed,

atmospheric conditions were returned, and a test to

verify the cause of the failure was performed. The space-

craft power was then turned off and the Canopus sensor
removed. The TA sensor was installed, and a verification

test was performed satisfactorily. A vacuum was then

established, and RF power was turned up. The test se-
quence was resumed with the midcourse maneuver on

July 16 and 17; the CC&S MT-1 through MT-6 com-

mands were checked out satisfactorily.

On July 17, the Geiger-Miiller 10311 tube output was
found to be erratic. In addition, the radio exciters

switched during turn-off of the gyros (which had pre-

viously occurred during the CC&S MT-1 through MT-6
command exercise). The Magnetometer Z axis came out

of saturation several times during the early part of the

operation. The question was whether the magnitude of

the Earth's field, as seen by the Magnetometer Z-axis

sensor, went to a low value or whether the instrument

partially failed during these periods. The test was com-

pleted July 24 after a total of 244 hr in vacuum. The

chamber was opened and magnetic mapping of the space

simulator was performed.

Mariner III was then prepared for the thermal control

and mininmm-cables portions of the simulator test. When

the spacecraft temperature was recorded on July 27 at

10 °F higher than it had been on the PTM, the chamber

was opened and new temperature control hardware was

installed. The test was resumed and completed on July 30

with only minor incidents, and with the temperature

values remaining at the desired levels.

Because trouble arose in Mariner IV vibration testing,

the Mariner III schedule was changed to accommodate

magnetic mapping, weight and CG, and free-mode tests

prior to vibration. Following mapping and weight exer-

cises, the free-mode test was performed on August 6.

The only difficulty in the test occurred when solar inten-

sity dropped so low that the spacecraft power subsystem

went into the battery boost mode. The vibration tests

were run from August 7 to August 9 without incident.

After a system verification test, in which switching

trouble was experienced with the data encoder and radio

exciters, a final inspection was performed from August 11

to August 15.

Part 1 of the final system test (System Test 3) was

completed on August 16 without problems. Part 2, on

August 17 and 18, revealed some trouble in radio OSE

calibrations, which was corrected. Six encounter se-

quences were performed successfully, including video

playback, cruise science quiet test, and calibration.

Mariner III was prepared for shipment in flight

configuration except for the real-time DAS, the Canopus
sensor, the Ionization Chamber, the attitude control

gas subsystem flight nozzles, the TV shutter, the solar

panels, the Sun shutter, and the solar pressure vane
and attitude control electronics. The spacecraft arrived

at Cape Kennedy on August 28.

Following a system verification test, AFETR System

Test 1 was completed on September 4. The picture play-
back and cruise science calibration were particularly
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successful. The spacecraft was then committed to me-

chanical preparation for movement to the launch com-

plex. Operations were concluded on September 8.

After several delays due to hurricanes, the Atlas was

finally erected on LC 13 on September 14, and Mariner IH

was rescheduled for removal to the pad on September 18,

following completion of matchmate at ESF.

During the erection of Atlas 289D, a stretch sling

failed. Although the launch vehicles were not damaged,

B-FACT was delayed two days to allow further investi-
gation of the failure.

The Mariner IH electrical tests were completed suc-

cessfully, the flight shroud was installed, and the RF

checks were good. The spacecraft was moved to the pad
and mated to the Agena. Power and functional tests

started on September 19; difficulty experienced in the
blockhouse with data-encoder and science functions was
later corrected.

Part 1 of the countdown was completed on

September 21 after approximately 8 hr of testing. Prob-

lems with the data encoder did not stop the test. Part 2

of the countdown was completed on September 23, and,

in a real situation, the operation would have resulted in
launch.

A very successful J-FACT was run on September 25,

with excellent support from all personnel and procedures.

Because of problems associated with the first part of the

countdown, Part 1 was repeated on September 27 with

only one anomaly: the umbilical lanyard did not retract.

This problem was later resolved.

After the shroud and adapter were removed, weight

and CG measurements were made. The preliminary

weight was set at 575 lb. The spacecraft was then par-
tially disassembled and moved to ESF for an attitude
control leak test.

Following magnetic mapping, science calibrations were

successfully reverified. The mapping showed values of

20 _, horizontal, 20 7 vertical, and 28 y in the total field

measured at the magnetometer sensor. These values

varied somewhat from the previous JPL survey, but the
deviation was not considered critical.

The final system test, AFETR System Test 2, was

completed on October 13 after 86.2 hr of testing opera-

tions. A cruise science quiet test was run on the

same day. Following final electrical reverification on

October 14, all spacecraft systems were pronounced "go"

in the post-test critique, and the spacecraft was released

for final mechanical flight preparations.

The spacecraft was moved to ESF on October 21.

During mate with the Agena adapter, a problem devel-

oped with the shroud umbilical door. An investigation

produced a satisfactory fix for the door latch.

Final mechanical flight preparations were completed

at ESF on October 26, and the spacecraft was moved to

the pad and mated with the Agena the next day. The

spacecraft on-pad functional test was completed without

problems. Part 1 of the countdown was uneventful ex-

cept for the radio subsystem switching from cavity to

TWT amplifier as a result of a power transient.

A near-perfect J-FACT was completed on October 31;

the only incident was a 40-min hold for a live launch on

a nearby pad. Only minor variations were permitted

from an actual launch countdown procedure.

On November 1, Mariner IH was ready on LC 13 for

the first firing attempt, scheduled for 17:45 GMT,
November 4. The launch scheduled for November 4 was

delayed one day to allow more time to analyze an Agena

velocity meter relay problem and to further review the

downrange S-band instrumentation status.

After considering these two outstanding items, a

"go" was issued and the spacecraft was launched at

19:22:04.920 GMT, November 5. The spacecraft experi-

enced no difficulty in the countdown or during the holds.

The shroud failed to eject properly and, therefore, the

spacecraft was unable to extend its solar panels.

The spacecraft was tracked until battery power was
exhausted.

In an effort to determine the probable failure mech-

anism of the Mariner III spacecraft, a test shroud was

placed in a vacuum chamber. Catastrophic shroud rup-
tures developed when heat and vacuum were applied

simultaneously. Further investigation was conducted by

LMSC and a program was begun to eliminate the possi-

bility of shroud failure during the Mariner IV flight test.

Several meetings were held at Cape Kennedy to review

the analysis of the shroud failure, the possible correc-
tions, and the related effects to the schedule. The meet-

ings yielded further evidence that the honeycomb in the

shroud definitely could have delaminated as a result of

entrapped air. Consequently, a metal shroud was de-

signed and fabricated by LMSC for Mariner IV.
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Table85. Comparativesystemtestschedules,Mariner III and Mariner IV

Operation

Mechanical assembly

Initial power application

Subsystem and intersubsystem

tests

System Test 1

Telemetry calibrations

Matchmate to Agena adapter

and shroud

Simulated precountdown

Simulated countdown

Equipment updating

System Test 2

Preparation for space-

simulator test, Part 1

Space-simulator test, Part 1

Preparation for space-

simulator test, Part 2

Space-simulator test, Part 2

Preparation for vibration

test

Vibration test

Weight and CG measurement

Magnetic mapping

Free-mode test

Final inspection

System Test 3

Preparation for shipment to

Cape Kennedy

Shipment to Cape Kennedy

Arrival, inspection, and

assembly at Cape

Kennedy

AFETR System Test 1

Mechanical preparation at

Hangar AO

Mechanical preparation at

ESF

Matchmate to Agena adapter

and shroud

Date, 1964

Mariner I1!

April 9 to May 19

April 27 to May 16

May 11 to 20

May 21 to 28

April 28 to May 29

June 8 to 16

June 12

June 13

June 17 to July 1

July 2 to 4

July 6 to 13

July 14 to 24

July 24 to 26

July 26 to 30

July 31 to August 4

August 7 to 10

I August 6

August 4

August 6

August 11 to 14

August 15 to 18

August 19 to 22

August 23

August 28 to 31

August 31 to

September 4

September 5 to 10

September 10

September 14 to 16

Mariner IV

April 24 to June 9

April 29 to May 7

April 30 to June 4

June 5 to 6

June 8 to 12

lune 13 to 18

lune 18

June 19

July 2 to 16

June 25 to 27

August 9 to 13

August 13 to 24

August 24 to 26

August 26 to 29

July 27 to August 3

August 3 to 6

August 6

July 26

August 8

August 30 to

September 2

July 22 to 24

September 7 to 10

September 11

September 14 to 17

September 18 to 22

September 23 to 25

Not applicable

September 26 to

October 6

Operation

Electrical test at ESF

Spacecraft moved to launch

complex

On-pad functional test

RF link calibration

Cooling test

Simulated countdown, Part 1

Simulated countdown, Part 2

I-FACT

Simulated countdown, Part 1

Simulated launch with RF

interference

Umbilical release and cooling

blanket removal test

Spacecraft demated from

launch vehicle

Attitude control quantitative

leak test

Verification of science

calibrations

Magnetic mapping

AFETR System Test 2

Mechanical preparation at

Hangar AO

Mechanical preparation at

ESF

Matchmate to Agena adapter

and shroud

ESF electrical test

Spacecraft moved to launch

complex

On-pad functional test

J-FACT

Simulated launch

Countdown, Part 1

Launch

Date, 1964

Mariner III Mariner IV

September 11 to 19 September 30 to

October 9

September 19

September 19 to 22

September 19

September 19

September 21 to 22

September 23

September 25

September 24

September 28

September 29

September 29

October 1 to S

September 30 to

October 6

October 6

October 7 to 14

October 15 to 20

October 21 to 23

October 22

October 23 to 26

October 26

October 27 to 28

October 29

November 2

November 3

November 5

October 10

October 10

Octobe, 12

October 13 to 14

October 13

October 14

Not applicable

October 13

Not applicable

Not applicable

October 15

October 2 to 5

October 19 to 20

October 16 to 17

October 17 to 23

October 23 to 26

October 27 to 28

October 28

October 29 to 30

October 31

November 2

Not applicable

Not applicable

November 26

November 27 to 21
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3. Mariner IV Test Chronology

A comparative schedule of the Mariner IH and

Mariner IV system test operations is shown in Table

85. Mechanical assembly of Mariner IV started April 9

and progressed very slowly because of late hardware

deliveries. Radio subsystem Cases V and VI were de-

livered and installed, and a subsystem test was per-

formed. The gas subsystem, ultraviolet photometer, atti-

tude control subsystem, PIPS, Cosmic Ray Telescope,
and temperature control louver frames were installed.

Attitude control, radio, and science ultraviolet photome-

ter subsystem tests were performed, and the space-

craft was then prepared for system testing.

System Test 1 was performed on June 5 and 6. Many

problems were encountered during this test, in which

the main objective was to obtain a brief survey of the
overall spacecraft.

Between June 8 and 13, the spacecraft was prepared
for Agena matchmate testing. The formal matchmate

test was performed with the spare Agena adapter and
shroud from June 13 to 15.

By June 17, the spacecraft was mated with the flight

adapter and shroud and the spacecraft was prepared for

a precountdown. The results of the matchmate tests

were comparable to those obtained with Mariner III.

The simulated precountdown test was started June 18.

The following difficulties were experienced:

1. The two coaxial connectors to the catenary were

reversed, and fixing them caused some time delay.

2. The Cosmic Dust Detector did not reset.

3. The plasma data had higher values than usual.

. The science TV OSE digital-to-analog converter

caused TV picture noise spots and was replaced

by a spare.

. The TV stimulus lamps were not bright enough,

and a DC-16 (narrow-angle acquisition) command
had to be used.

On June 19, the simulated countdown was success-

fully performed. The only problem was the receipt of

four events in the data encoder registers that were

caused by some power transients, which did not cause
any holds.

The test team went through the complete normal launch

exercise, including some typical types of holds from the

booster and range areas. The spacecraft would have
been launched in a real countdown.

From June 20 to 24, problems experienced during

System Test 1 were investigated. In addition, some

hardware changes were incorporated, mainly in the

science area. Difficulties experienced with the science

OSE (including the Magnetometer, science isolation box,

scan position indicator, and the TV) during the System

Test 1 were investigated and subsequently corrected.

System Test 2 was performed from June 25 to 27. All

flight hardware was installed on the spacecraft except

for the Canopus sensor, radio subsystem (two cavity

amplifiers), prototype Magnetometer, prototype science

cover, and prototype Cosmic Dust Detector. The only

problems experienced during the test were:

1. The radio had a low power output, which was

known prior to the test.

2. The Cosmic Dust Detector was not evaluated, since
the instrument was a TA unit.

. The magnetometer operated normally except for

Z-axis dropout of null during quiet periods, and did

not have the capability of the 60 7 nulling steps

incorporated in the OSE.

. The TV could not be put into fast shutter with the

science cover TV stimulus lamps, and five words

were lost at the end of each picture line. The
Mariner III TV data also showed the loss of the

last two lines of each picture, but this was not

considered a serious problem.

During this system test, as well as during the

Mariner III System Test 2, the spacecraft radiated off

the high-gain antenna. A special piece of flexible coaxial

cable was used instead of the normal rigid cable, since

the latter could not be easily disconnected from the
radio case.

On June 29, the spacecraft equipment was released for

incorporation of engineering change requests, calibra-

tion, and all other outstanding work. The original

schedule called for completion of the updating period

by July 2, but it was not until July 16 that sufficient

equipment was returned to start electrical testing. The

gas subsystem, released for modification, was returned
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July 13. On July 17, power was applied to the space-

craft and the power subsystem was calibrated. The

checks indicated that the TV subsystem was not per-

forming properly. The problem, which seemed to be in

the TV 10-v supply, was investigated. On July 18, the

electrical test continued and normal operation was re-

corded on all subsystems including the science subsystem

and its OSE. The power subsystem completed its teleme-

try calibrations on July 18.

System Test 3 was performed July 23 to 25. It was

essentially successful except for a jerky motion on the

planetary scan platform, difficulty with the narrow angle

Mars gate, and a faulty TV target. The spacecraft went

immediately into magnetic mapping (Fig. 390), in which

values recorded were on the order of 30 to 40 y.

Many problems were encountered during vibration

tests, particularly while installing the flight solar panels.

The spacecraft was run through a vibration test on

August 5 with only minor problems.

A verification test was followed by weight and CG

determination in full flight configuration, except for the

PIPS motor. A free-mode test on August 8 was unevent-

ful except for certain noncritical anomalies in the radio

subsystem. Several problems were encountered during

the system verification test that preceded the space-
sinmlator operations: some of the coaxial cables failed;

an Earth ground connection was damaged; a power OSE

connector was faulty; and trouble developed in the TV

subsystem. After resolution of all problems, the cham-

ber was pumped down and the test was conducted from

August 13 to 24 (Fig. 391). Principal problems were

noted in the attitude control vacuum system, the solar-

pressure vanes, Plasma Probe high-voltage power, and

the Cosmic Ray Telescope. Operation of the scan plat-

form appeared smooth.

Following the satisfactory completion of System Test 4

at SAF, the Mariner IV spacecraft was prepared for

shipment to Cape Kennedy. The convoy departed for the

Cape on September 7 and arrived on September 14.

A visual inspection of the spacecraft after unpacking

showed no damage to the spacecraft other than loosen-

ing of certain bolts and attaching hardware associated

with the attitude control gas lines. The system test

complex was installed and, after calibration of the space-
craft TV camera head and electronics, Part 1 of AFETR

System Test 1 was started on September 18.

System Test 1 was completed on September 22.

The following problems were encountered: failure of

the Sun gate OSE lamp; TV OSE control panel diffi-
culties; and the fact that the Ionization Chamber had

to be removed for incorporation of an engineering

change request. Electrical tests, with the shroud on and

off, were concluded on September 22, and the space-

craft was released for preliminary matchmate prepara-

tion. The Agena matchmate operations were completed

on September 28, in less time than matchmate on

Mariner IlL The ESF electrical tests were then per-

formed, along with the attitude control leak test. On

October 7, spacecraft science equipment was removed

for laboratory calibration verification.

A second matchmate with the Agena adapter was

accomplished on October 8. Mariner IV was then moved
to LC 12 and mated to the Agena.

Part 1 of the countdown was completed on October

31. Several problems were detected and resolved with

the LCE, but the spacecraft experienced no difficulty.

On November 3, spacecraft power was turned on and

no problems with the spacecraft or OSE were detected.

Due to the shroud failure of Mariner III, the

Mariner IV spacecraft was demated from the Agena on
November 6 and moved to ESF. The shroud was re-

moved and shipped to LMSC, but the spacecraft was not

demated from the Agena adapter. The spacecraft/Agena

adapter combination was then placed under protective

cover, and constant dry-nitrogen purge was maintained.

Complete launch pad checkouts were performed on

LC 12 to support the new launch date of November 27.

All of the blockhouse equipment and remote lines to

Hangar AO were functioning normally. The spacecraft
simulator was used to check the ESF electrical test

complex before making connections to the spacecraft.

The only difficulty was in obtaining a good hard-line

link for the TV data back to Hangar AO.

The new all-metal shroud arrived on November 22 and

was prepared for installation at ESF. The shroud was
installed on November 23, and 95_ surface contact was

measured, eliminating the necessity for any scrapping of

the adapter. The separation spring alignment was veri-

fied and no realignments were necessary. Separation

spring stroke and preload were measured, adjustments
were made, and the shroud was mated for the final

time. The shroud V-band torquing was completed on
November 24 without incident.

During the shroud dry-nitrogen leak test, the leak rate

was found to be excessive. Adjustments were made on
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the umbilical door and, in addition to obtaining com-

plete latching for all door positions, an excellent pres-
sure seal was obtained. Final electrical cheeks were

made at the ESF, and the spacecraft was moved to the

launch pad and mated with the Agena on November 24.

On November 25, the cooling blanket was installed

and voltage/no-voltage checks were made on the umbil-

ical cable before connecting it to the spacecraft. Space-

craft power was turned on and countdown Part 1 was

started, with the objective of performing the most de-

tailed spacecraft verifica_on permitted within the limits

of the launch complex environment. The only problem

encountered was with launch complex RF cabling, which

was easily resolved.

On November 27, the spacecraft joined the launch
countdown at L -- 220 min. The launch effort was ter-

minated at L - 60 min because of a problem in the STC

S-band radio subsystem. Troubleshooting and data anal-

ysis of the S-band problem continued after the count-
down was terminated. Based on the results of exhaustive

testing, worst-case analysis, and range scheduling, the

second launch attempt was scheduled for November 28
at 14:22 GMT.

The spacecraft countdown started at L - 230 min.

The spacecraft was placed on external power at 09:32

GMT, and was successfully launched at 14:22:01.309
GMT, November 28. There were no unscheduled holds.

4. MC-4 Test Chronology

The MC-4 spacecraft was assembled from the flight

spares and was maintained as a field backup for

Mariner IH and Mariner/V. As a result, much hardware

exchange occurred between System Test 1 and vibration

tests; e.g., Plasma Probe, Ionization Chamber, planetary

scan platform. The spacecraft was shipped to Cape

Kennedy following JPL operations, and a limited series

of system-type tests were performed.

On July 22, mechanical buildup at JPL had proceeded
to a point at which the first electrical tests could be

started; these tests included power, data encoder, pyro-

technics, attitude control, flight command, and CC&S

subsystem checks. Mechanical assembly continued concur-

rently with these tests, and was completed on August 11.

Intersubsystem tests, except for radio Cases V and VI,

were performed from July 28 to July 30. The attitude

control gas subsystem was installed, and by July 31 most

of the science equipment was on the spacecraft. Science

interface and subsystem tests were then performed.

The subsystem tests and interface checks were com-

pleted, and the spacecraft was then prepared for system

tests, which took place from August 12 to August 14.

Problems were experienced with power amplifier and

radio exciter switching, a defective connection in the

scan platform, and varying receiver local oscillator drive.

Despite other minor discrepancies, the system test was

considered very successful.

The start of MC-4 vibration testing was delayed to

allow the incorporation of additional equipment, and the

first verification test was run on August 20 without inci-

dent. A special Magnetometer test was performed to

determine the cause of Magnetometer interference from

the TV subsystem during the final Mariner lll test

(System Test 3). The results indicated that when the

Magnetometer transformer-rectifier was powered by a

separate supply, the interference was removed.

The first lateral axis of vibration was performed on

August 22; the second axis of lateral vibration and the

Z-axis vibration followed on August 23. A failure in

the pyrotechnic arming switch was the only problem

experienced with the tests and a spare was installed.

Weight and CG determinations were made, and

System Test 2 was run between August 26 and 28 with-

out major problems. The spacecraft was then prepared

for space-simulator tests, preceded by a system verifi-

cation test. During the simulator test, the facility lost

vacuum while the spacecraft was operating in a critical

mode. This caused oil to spray over the spacecraft, which

affected the Ionization Chamber, radio, CC&S, and Cos-
mic Dust Detector.

The MC-4 spacecraft was disassembled and the hard-

ware was inspected and retested. By September 9, the

spacecraft reassembly was completed, and it was pre-

pared for retest in the space simulator. The verification

test was performed with only minor anomalies on Sep-

tember 11. The space-simulator test, completed on

September 15, took place without major problems. The

spacecraft was then subjected to a satisfactory thermal

control test, after which it was shipped to Cape Kennedy,

where it arrived on September 29.

Assembly of the spacecraft was completed by October 2.

All MC-4 test operations were performed by members

of the flight spacecraft test teams on a noninterference
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basis. The system verification test yielded only minor

OSE problems, and the OSE System Test 1 was com-

pleted successfully on October 6.

The spacecraft was then disassembled for final inspec-

tion. The MC-4 spacecraft, unlike Mariner III and

Mariner IV, did not undergo final inspection at JPL.

Disassembly was followed by a detailed system verifi-

cation test, and the spacecraft was placed in standby,

except for isolated special tests. The spacecraft was

maintained and tested at the Cape so that it would com-

prise a set of flightworthy spares and be a backup to
Mariner IV.

An attitude control leak test was performed on the

spacecraft at ESF between October 28 and November 2.

After completion of the leak test, the spacecraft was re-

turned to Hangar AO and all missing hardware was

installed. The spacecraft was put in a ready state to sup-

port any investigation during the launch or postlaunch

operations of Mariner IlL

After the launch of Mariner III, MC-4 was placed in

a full flight configuration to maximize the probability of

meeting the launch period constraint for Mariner IV. On

November 10, the spacecraft power was turned on and

a system verification test was performed. The only diffi-

culty experienced was with the Cosmic Ray Telescope.

Alignment checks were performed on the TV subsystem

and scan platform. Science calibrations were completed

on November 12. The Trapped Radiation Detector,

Ionization Chamber, Solar Plasma Probe, and Helium

Magnetometer checks were also performed at that time.

During the period November 13 to November 17,

Part 1 of the system test, which included the magnetic

current loop measurements, was performed. On Novem-

ber 18, magnetic mapping was performed. The final

system test was completed on November 17 with only

minor problems experienced. Magnetic current loop tests
were conducted on November 17; all measurements were
within tolerance.

Final mechanical preparations were completed on

November 20. Two updated TA solar panels were in-

spected, sunlight-tested, and assembled to the space-

craft. The final mechanical buildup was completed on

November 24, and was followed by weight and CG

measurements. The spacecraft was mounted on its trans-

porter with a protective cover and prepared for removal

to ESF if necessary.
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XXII. QUALITY ASSURANCE AND RELIABILITY

The Mariner quality assurance and reliability program

applied proven reliability techniques to monitor and con-

trol the quality and reliability aspects of the test and

flight spacecraft. The significant activities of the quality,

assurance effort were: (1) selection of procurement

sources (vendor surveys); (2) contractor source inspec-

tion; (3) receiving inspection; (4) failure and deficiency

feedback; (5) examination and inspection (procedures);

(6) control of nonconforming material; (7) data report-

ing and corrective action; and (8) inspection, measure-

ment, and test equipment. The significant activities of the

reliability effort were: (1) reliability prediction and esti-

mation; (2) failure mode, effect, and critical analyses;

(3) design review; (4) failure reporting and correction;

(5) standardization of design practices; (6) parts and

materials program; and (7) subcontractor and supplier
control.

A. The Quality Assurance Program

The quality assurance program, as developed and

implemented for the Mariner Mars 1964 mission, was a

direct and effective result of the Mariner project policy

and requirements document. Table 86 lists the major

operations performed under the quality assurance pro-

gram.

1. Organization

Figure 392 illustrates the quality assurance organiza-

tion at JPL. One senior staff member of the Quality

Assurance and Reliability Section was assigned as the

representative to the Mariner project, and one senior

quality assurance engineer was assigned to each tech-

nical division. The cognizant QA engineer had direct

supervisory responsibility for a permanently assigned

group of inspectors, the number of which depended on
the workload.

This organization enabled the QA personnel to become

acquainted with the cognizant engineers and the particu-

lar idiosyncrasies of various hardware and packaging

concepts early in the project. It also improved communi-

cations between technical divisions, improved problem

reaction time, and facilitated the training of inspection

personnel in that their learning curve would closely

parallel the design, development, manufacture, and test

of the flight hardware. Another significant advantage of

this approach was the knowledge gained of the methods,

manufacturing systems, and inspecting systems of the
vendors used by the individual technical divisions.

Table 86. Major operations performed under the

quality assurance program

Operation Purpose

Quality assurance surveys

Procurement documenta-

tion review

Contractor quality

assurance requirements

Contract negotiations

Contractor indoctrination

Quality assurance plan

Parts screening

Failure reporting

Methods review

Prototype in-process inspec-

tion and indoctrination

Prototype review

Review of contractor

quality program

JPL in-process inspection

Test verification

Final inspection

SAF certification

SAF-AFETR operation

To ensure that the vendor was capable of

producing a reliable quality product.

To review such documents as contracts, and

purchase orders for inclusion of quality

assurance requirements.

To recommend quality requirements for

inclusion in contract.

To interpret and clarify quality assurance

requirements to JPL personnel and

proposed vendors.

To indoctrinate contractors on JPL level of

workmanship and specifications.

To approve contractor's QA plan.

To perform screening activity at JPL and to

monitor it at contractor's facility.

To report failures at JPL and at contractor's

facility.

To review quality assurance procedures for

conformance to JPL specifications before

fabrication of prototypes.

To determine specification discrepancies,

processes, and workmanship by careful

monitoring.

To approve prototype unit prior to fabrica-

tion of first flight unit. To document and

resolve workmanship deficiencies.

To ensure compliance with contractor's

quality assurance plan.

To establish predetermined mandatory

inspection points and JPL flow charts and

to originate QA instructions.

To monitor specific test operations.

To perform final inspection at contractor's

facility before submission to JPL.

To perform documentation review and

reinspection cycle before acceptance at

SAF.

To perform continual quality surveillance

from SAF operations through launch.
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Fig. 392. Quality assurance organization

Repeated visits by QA inspectors to the suppliers' fa-

cilities, in close communication with the cognizant engi-

neers and under the supervision of the responsible QA

engineer, soon enabled QA personnel to pinpoint weak-

nesses and strong points in the suppliers' system; and

more effective assistance was given to the supplier in

correcting or eliminating defect-causing areas. Resident

inspectors, monitored by visits of the responsible QA

engineers, were assigned to suppliers as needed, the

number of which was determined by the volume

of work, criticality of operation, and quality capability of
the particular manufacturer. This constant and continual

contact with the supplier resulted in a more rapid indoc-

trination of the vendor in JPL methods and standards,

and made the manufacturer aware of the quality level
sought.

Tile divisional and field operation was supported by

the parts quality assurance group (responsible for com-

ponent screening) and by the mechanical inspection

group. A QA engineer and a supervisor, together with

mechanical and spacecraft inspectors, were assigned to
SAF. They were independent of SAF, acted as redun-

dant toll gate inspectors, and performed an additional

auditing function. All hardware delivered to SAF and

installed or removed from the spacecraft was controlled

and reinspected by this independent group, and the

effort allowed an evaluation of the quality efforts of
the individual technical divisions.

A personnel staff of 40 was assigned full time to cover

the hardware quality assurance engineering and in-

process inspection. This number did not include the

personnel used, as required, in the mechanical inspec-

tion, metrology, parts screening, failure reporting, or

systems and procedures areas.

2. Systems and Procedures

The purpose of the Systems and Procedures Group

was to unify and standardize procedures and forms, and

to generate a basic policy for quality assurance. The

efforts of this group on the Mariner Mars program were

directed to vendor surveys, quality assurance procedures,

and quality assurance instructions.

a. Quality assurance procedures. The Quality assur-

ance procedures were Laboratory-wide policy documents

that delineated the guidelines to be followed in all areas

of quality assurance.

b. Quality assurance instructions. The Quality Assur-

ance Instructions document was an in-process inspection
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"tool." It was a hardware-oriented document that result-

ed from the quality assurance plan and the flow plan,

both of which were submitted by the supplier. These
plans were approved by the cognizant technical and

quality assurance engineers, after which the Quality
Assurance Instructions document was written and re-

leased by the JPL QA Systems and Procedures Group.

Over 100 individual QA instructions and flow plans were
released for use on Mariner Mars hardware.

c. Vendor surveys. The quality assurance vendor sur-

vey was performed by personnel of the QA Systems and

Procedures Group. The survey was used to measure

the vendors' capability to control the quality level of the

hardware, and was conducted independently of the tech-

nical division personnel but at their request. This inde-

pendent survey enabled the procurement, technical, and
QA personnel to use its results as another factor in

determining the caliber of the supplier. Approximately

200 vendor surveys were performed in conjunction with
the Mariner Mars project.

3. Parts Screening Program

The purpose of the screening program was to provide

parts as free as possible from latent defects and incipient
failure. The screening program was divided into two

areas. Major suppliers set up and administered their own

parts programs after approval of their plans and specifi-

cations by the cognizant technical personnel and the

JPL reliability staff. In addition, a screening effort was

expended at JPL, which involved the assignment of 28

Parts QA personnel. Figure 393 illustrates the operational

sequence of the Mariner parts screening program.

The JPL reliability staff prepared 59 Hi-Rel specifi-

cations, accepted 4 Hi-Rel specifications from other

sources for use by JPL, prepared 63 procurement

specifications for parts rated "preferred," and prepared

361 screening specifications for commercial grade parts.

Application of these specifications to Mariner Mars 1964

components resulted in the following statistics:

1. The total number of electronic piece-part types was
484

2. The number of preferred or Hi-Rel parts by type
was 133

3. The number of types not preferred or Hi-Rel was
351

A survey showed that 27.5_, of the part types were

rated preferred or Hi-Rel, and that the number of pre-

ferred or Hi-Rel parts comprised 53.5_ of the total num-

ber of parts used.

In the period from June 1, 1963 to June 1, 1964, ap-

proximately 190,000 parts were screened at JPL, and

sample inspections were made of 60,000 Hi-Rel parts for

stores. The screening was broken down according to the

following averages:

1. 87.1% of the TA parts were screened

2. 82.0_, of the PTM parts were screened

3. 97.0_ of the flight parts were screened

Since a program of this kind at no time upgrades

parts, but only measures the ability of a particular com-

ponent to survive a defined environment (in an effort to

eliminate the infant failure portion of the reliability

curve), measurement of the results in increased spacecraft

reliability is difficult. The nature of a spacecraft pro-
gram makes it impossible to draw a data line and to

measure extended mean time to failure or spacecraft life,

but a review of the small number of failures during test

at both JPL and Cape Kennedy demonstrates the worth

of the parts effort and contributes significantly to a

higher degree of confidence in achieving mission success.

4. In-process Inspection

In-process inspection was a project requirement; all

spacecraft hardware was to be inspected while it was in

the process of fabrication or rework. This inspection
was the most important single action taken in the control

and measurement of the quality level of the spacecraft

hardware. The Quality Assurance Instructions document,

containing the flow plan, was the basic guideline docu-

inent used during the inspection; it determined the "who,

what, where, when, and how" of the inspection and

acceptance procedure for individual pieces of hardware.

Acceptance criteria were listed in the Quality Assur-

ance Instructions document for each inspection point.

The document specified points and types of inspection

for both vendor and JPL quality assurance personnel.

The finalization of the document resulted in 1500 speci-

fied JPL inspection points during the in-process phase of

hardware manufacture, plus 256 specified final inspec-

tion points by JPL. A typical flow plan is illustrated in

Fig. 394.

Documented history of spacecraft hardware was a ma-

jor responsibility of the QA organization; all inspections

performed were documented, and copies were forwarded
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TERMINALS

MATERIAL

COMPONENTS T

COMPONENTS

[] KIT /_ VENDOR INSPECTION

(_ PROCESS ./_ VENDOR_PL INSPECTION

CHART NO. OPERATION

I MAKE NEGATIVE OF DRAWING
2 INSPECT NEGATIVE AND MATERIAL
3 SHEAR MATERIAL
4 CLEAN BOARD AND PRINT
5 ETCH BOARD
6 INSPECT
7 DRILL
8 ROUTE
9 INSPECT
IO PLATE CIRCUITRY
II INSPECT
12 IDENTIFY
13 INSTALL TERMINALS
14 INSPECT
15 SOLDER TERMINALS
16 CLEAN
17 INSPECT
18 INSPECT MATERIAL
19 SHEAR, ROUTE, DRILL

20 IDENTIFY
21 INSPECT
22 SET UP KIT
23 INSPECT
24 BOND BOARDS
25 BOND TRANSISTOR
26 CLEAN BOARDS
27 CURE
28 INSPECT
29 SET UP KIT
30 INSPECT
Bl INSTALL COMPONENTS AND SOLDER
52 INSTALL COMPONENTS AND SOLDER
53 INSPECT
34 BOND CAPACITOR
35 INSPECT
36 CLEAN
37 INSPECT

Fig. 394. Typical quality assurance flow plan

to a central documentation center. An audit of the docu-

mentation center revealed that the predetermined con-

trolled inspections of the QA instructions resulted in the

performance of 25,400 inspections of hardware. (These

did not include mechanical or component inspections at

the parts level.) The documentation center also housed

photographs of each subsystem at the time of its delivery

to SAF. The documents contained in the central docu-

mentation center include Quality Assurance Instructions,

Material Review Board reports, SAF certifications,

SAF removal and recertffications, environmental test re-

sult summaries, hardware disposition logs, and space-

craft status logs. This documentation, filed by serialized

subsystem and spacecraft number, formed a history of

each spacecraft and its integral parts.

5. Spacecraft Equipment Certification at SAF

Each technical division was required to certify the

quality and flight worthiness of its hardware before its

admittance into SAF. The SAF certification process,

through verification, inspection, and documentation,

traced the history of the hardware being submitted and

confirmed and substantiated its condition upon receipt.

The certification process consisted of a documentation

review, inspection, color photographs of the hardware,

disposition of any open items, and sign-off by the cogni-

zant engineer and the QA engineer. Figure 395 shows a

typical subassembly or assembly flow sequence through
SAF.

This operation was permanently staffed with one QA

engineer as supervisor and two mechanical inspectors

(one mechanical and one spacecraft inspector per space-

craft, including the PTM spacecraft). The permanent

assignment of inspectors to a particular spacecraft from

initial buildup through JPL tests and Cape Kennedy pre-

launch tests enabled the inspectors to (1) be thoroughly

familiarized with the spacecraft and (2) maintain conti-

nuity of history and documentation as subsystems were

interchanged between Mariner Mars spacecraft. The

documentation package submitted for review with the

hardware verified that:

1. The FA testing was satisfactorily accomplished and

the proper documentation completed.

2. Records existed covering in-process and final hard-

ware inspections, or, in the case of deviations, rec-

ords of such deviations as a result of Material

Review Board action.

3. All engineering change requests of record were

implemented on the hardware before its delivery.

4. Confirmation existed of measured results in the fol-

lowing areas: weights, power consumption and ac-

cumulated running time, magnetic field mapping,

and radioactive source identification.

5. Design documentation was released.
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UPON RECEIPT OF HARDWARE, ALL REQUIRED DOCUMENTS SUPPORTING HARDWARE ARE REVIEWED
I

HARDWARE INSPECTION AS REFERENCED PER APPLICABLE QUALITY ASSURANCE INSTRUCTIONS

SIX CATEGORIES IN ROUTING HARDWARE

(o) HOLD: WAITING FOR INSPECTION
(b) ACCEPTED: ROUTE TO SPACECRAFT
(c) ACCEPTED: ROUTE TO STOCK
(d) REJECTED AT SAF: ROUTE TO DIVISION OR TO VENDOR
(e) REMOVAL OF DISCREPANT HARDWARE FROM SAF
(f) HARDWARE RESUBMITTED TO SAF

I

ALL HARDWARE PHOTOGRAPHED PRIOR TO ITS INSTALLATION ON THE SPACECRAFT.
HARDWARE IDENTIFIED AND STORED: STATUS OF HARDWARE MAINTAINED ON HARDWARE DISPOSITION LOG

I

I EMOVAL)
ROCESS

(e)

I
HOLD FOR

SPECTION I

Ca) /

_T REJECT

ERIAL REVIEW
BOARD J

(d) J

I
I

ASSURANCE

\ENGINEERINGDocUMENTREVIEWJj_ CONTROL /

I ]

_E VENDOR

OGNIZANT L

NGINEERJ

_E JPL

OGNIZANT

NGINEERJ

_--PROCESSING--_

SAF

RECEIVING
(f)

FAILURE
OR DAMAGE
REWORK PER
ENGINEERING

CHANGE ORDER
CALIBRATE

OTOGRAPHy_PAC_AFT._ -

Fig. 395. Typical flow of assemblies and subassemblies through SAF

6. Spacecraft Shipment to Cape Kennedy

Tile cognizant spacecraft inspectors monitored pack-

ing of all spacecraft and support hardware for shipment.

A QA supervisor, three mechanical inspectors, and three

spacecraft inspectors were assigned to Cape Kennedy to

provide proper QA coverage at the launch site. A

controlled-access stockroom was set up at the Cape and

all movement of hardware to or from it was moni-

tored by quality control. All packages were sealed with

"tamper-proof" seals and were opened only under an

inspector's surveillance. As spacecraft arrived, all pieces

of hardware were inspected for shipment and humidity

damage, and the accclerometers were checked. After

acceptance, complete control of all hardware and

around-the-clock surveillance of the spacecraft were im-

posed. All movement of hardware to or from the space-

craft was documented and spacecraft status logs were

issued after each major event. These controls continued

up to the time of launch.
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The postlaunch QA effort consisted of monitoring

proper storage of the MC-4 spacecraft and flight spares.

A significant effort was made in preparing final space-

craft status logs.

B. The Reliability Program

1. Reliability Audit

In recognition of the stringent demands imposed by

the length of the Mars mission, the reliability respon-

sibilities for the project were organizationally dissemi-

nated into several groups, such as the design sections,

the subcontractors, and the Mariner Mars 1964 Project

Office. In order to maintain a central cognizance over

the total project reliability activity, a reliability monitor-

ing group was formed. The main tasks performed by this

group were: surveillance and coordination, including

attendance at design reviews; development and mainte-

nance of the problem/failure reporting system; continu-

ous audit of the reliability status of the hardware; and

monitoring of the information flow between the subsys-

tem fabrication groups, the subsystem and system test

complexes, the space flight operations area, the launch

vehicle area, and system management.

2. Problem/Failure Reporting

The JPL problem and failure reporting system for the

Ranger and Mariner Venus projects provided a closed-

loop system that allowed for effective collection, distri-

bution, analysis, and corrective action of all reported

anomalies. Since the Mars spacecraft did not involve the

quantities of hardware and paperwork usually associated

with a full-scale production program, the decision was

made to keep the reporting system on a more personal

manual level rather than to automate the paper flow. This

became an effective method of keeping failure reporting

on a responsible technical working level for analysis and

corrective action by allowing anyone to originate a re-

port who believed a problem or failure existed. The

problem/failure report was used to record failures and

problems occurring during type approval testing and/or

flight acceptance testing of the PTM, the flight systems,

and the flight spares; and during bench testing of sub-

assemblies, assemblies, and subsystems commencing

with the first application of power. These reports were

written at JPL and at Cape Kennedy during the

Mariner IV flight. The reports were written on the flight

spacecraft from telemetry data monitored at SFOF. (A

record of inflight anomalies is considered especially

useful in planning for future programs, both in a hard-

ware sense and in a procedural sense.) A typical prob-

lem/failure report is shown in Fig. 396. Figure 397

shows the quantity of these reports versus calendar time

and project development. There were nearly 1500

problem/failure reports written on tests, flight perfor-

mance, and operational support equipment throughout

the Mariner Mars program.

The actual mechanization of the problem/failure re-

porting system hinged on the relationship between each

subsystem's cognizant engineer (who had the responsi-

bility for analysis and corrective action on each report),

the section manager, and the spacecraft project engineer,

who had final authority for evaluating the significance

of the analysis and corrective action before problem/

failure report closeout. This interaction enabled each

cognizant engineer to determine the amount of correc-

tive action needed on his subsystem, such as having parts

failure analysis performed or starting a design change

action to modify the design of the subsystem. At the

same time, the cognizant engineer's section manager was

aware, through his sign-off responsibility, of the prob-

lems or failures occurring on the subsystems under his

control. In making a final sign-off, the spacecraft project

engineer incorporated his knowledge of the overall

Spacecraft System and how each individual problem/

failure report, failure analysis, or design change might

affect the total Spacecraft System.

3. Environmental Testing

Although environmental testing on the Mars spacecraft

was performed and supported by a separate test group,

it was an integral part of the reliability program. The two

classes of reliability-oriented tests of most significance

performed on the Mariner Mars equipment were the

TA and the FA tests. These tests were performed on both

the subsystem and system levels on flight configuration
hardware.

The combination of these two levels of environmental

testing proved very successful, especially in the indica-

tion and elimination of design deficiencies and quality

problems. In all, there were 805 subsystem TA tests and

846 subsystem FA tests performed on the Mariner
hardware.

4. Reliability Prediction and Failure Mode Analysis

A reliability prediction and failure mode assessment

of the Mariner Mars spacecraft was made in 1963. Most

of the design changes recommended concerned increasing

subsystem reliability through redundancy. The techniques
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I. [] Ranger [] Mariner [] Other $-8-64
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4. SUE-SYSTEM

5. ASSEMBLY

6. SUB-ASSEMBLY

A) REFERENCE DESIGNATIONS B) NOMENCLATURE

Power - 04 Power Subsystem

4A8 Power Re_]lator
v

O6

i 7 REPORTING LOCAT ON

! " J_] JP[ See.._ ZI,_, [] Vendor [] SAF [] ETR Other__

8. PROBLEM/FAILURE NOTED DURING

_-'I Bench Testlng [] In-Process Testing [] TA Testing ['-] PA Testlng F-I Systems Testing [ INITIAL DISTRIBUTION DATE

[] Specific Environment ]_n(_Tr'l ATrlbTP.Dt [] Other.

9. DESCRIPTION OF PROBLEM/FAILURE
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During bench testing it was observed that at 48 VDC intent and 40 ohm load.
the outnut voltage oscillated at 60 cos with a 1 volt o-D'amDlitude. For
heavier loading-of the booster or for higher or lower inout voltages, the

oscillation did not occur. The oscillation was present in both the main
booster and the maneuver booster.

OriginatorFrank F. Baron Date 5-26-64 CognizantEngineer Frank H, Wright
10. VERIFICATION & ANALYSIS

R_cnevimenta] and theoretical investigations showed that the nhase and gain

marc;ins were marginal_ For a unit constructed with nominal narameter
v

comnonents, the abase margin was 10 degrees and the gain margin 6 db at
• 48 VDC inout. With a builduo of comoonent tolerances ]t was Dossible for

oscillations to occur.

.. U, USEOFFROSL_FA,LURE

[] Design [] Piece Part Failure [] r_erator Error [] Damage (Mishandling) [] Adjustment

[] Workmanship [] Manufacturing I I O.S.E. Failure [] Other Co__Y___ .... t 'T_o!e__9__C_ . p,_l__] dt!_

12. FOLLOW-UP ASSIGNMENT

[] Cognizant Engineer [] Design Review [] Vendor [] Camp .... ts Evaluation Group

[] Material Review Board [] Quality Assurance [] Other

13.
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2z

F) PRh G) SEC.

Ch_r_ge_ were made in the feedback loop that increased the phase mar_in
fn 4(_ decrees and the gain margin tO 26 db. These changes were incor-

nnrated]ntc_ 4A8 SIN ()6 and th_unit became stable. Thev were also

ineornorated into all other flight units per ECR 7438.

15. I_OSITION

,., l)ql Reworked [] Redesigned [] Readjusted [] Scrapped [] Other

16. EFFECTIVITY

[] This UnIt [_ All Units [] Other

Signature

Cognizant Engineer s _ "1_1":_1_k H. Vv_T'i_ht ,%c. 1 5.'_ Date 7--1 5-4

ECR No. 7438

Signature
Cognizant Sec. Chief S / F. A. Paul

17. REVIEW CONCURRENCE 18. CLASSIFICATION

Reliability Coordinator___ Dote " - [] Critical

Spacecraft _eject Engi .... S./ .Tohn Casani Date 7-15-4 [] Non-Critical

|9. STANDARD & _ECIAL DISTRIBUTION

P/FR RELIABILITY STAFF JPL i 846 0(2"

Fig. 396. Typical problem/failure report
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used in modeling the assessment were conventional,

and employed the functional block diagram method of

analysis. The assessment covered typical failure modes

and design interfaces, and gave success probabilities for
each functional unit.

5. Design Review

Design reviews of the major Mariner Mars spacecraft

subsystems began in the spring of 1963. These reviews

were performed on hardware designed and fabricated

both at JPL and by prime hardware subcontractors, and

were conducted by a spacecraft review board. The board

was headed by the Spacecraft System Manager and was

composed of parts personnel, packaging and cabling

personnel, reliability and quality assurance personnel,

subsystem section managers, system design personnel,

and other members of the Mariner Mars 1964 Project

considered to have knowledge valuable to the design

review activity. The procedure was to have cognizant

technical personnel conduct a review on their subsystem

before the Design Review Board, with special attention

given to the subsystem designs and their consistency

with subsystem interfaces, using such typical techniques

as check lists and circuit analyses. Design was frozen

and put under formal design change control early in
1964.

6. Parts Screening

The screening program was based on individual parts

screening specifications used by JPL and its subcontrac-

tors. During the program, approximately 350,000 parts

were screened. The general process involved burn-in and

parameter drift screening, although some parts experi-

enced a more sophisticated screening environment. Nor-
mal buru-in included about 168 hr at the manufacturers'

rated conditions for each part. Drift screening involved

taking each part and testing it under normal conditions

against rigid allowable drift tolerance parameters, which

were determined from parts qualification data. Evi-

dence of the value of the parts screening program exists

in the successful elimination of large numbers of margi-

nal parts, and, hopefully, in the failure-free operation of

most of the Mariner IV equipment during the many

months of cruise operation.
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The original requirement for 1005_ parts screening on
PTM and TA hardware was waived, and the require-

ment for 100_ screening on flight equipment was re-

laxed. Each division was to perform screening on a
best-effort basis, and a minimum achievement of 855_

screening parts was considered to be an acceptable value.

7. Failure Analyses

Parts failure analyses were performed on approxi-

mately 110 individual parts at JPL during the course of the

Mariner Mars program. Failure analyses were also con-

ducted at the plants of major subsystem subcontractors.

The intent of these analyses was to determine the physi-

cal mechanisms resulting in specific parts problems and/

or failures. Appropriate steps could then be taken to

eliminate the parts problems at their origins, with the

understandable goal of increasing system reliabili W.

Such a wide variety of electronic part types and associ-

ated problems were encountered during the program,

that an even greater variety ill methods and techniques

of failure investigation was required. For example, a

typical laboratory investigation of a failed transistor

included thorough electrical characterization at several

temperatures, hermetic seal tests, analysis of gases with-

in the case, electron microprobe analysis of certain

metallic materials, and metallurgical sectioning to exam-

ine internal strncture (all of which required the talents

of specialists in electronics as well as in the fields of

chcmistxy, metallurgy, and physics).

The Mariner Mars program made use of the JPL Pre-

ferred Parts List, which tatmlates the parts applicable to

all electronic equipment supplied by subcontractors and

fabricated at JPL, and includes high-reliability parts,

preferred parts, and OSE parts. Each category of elec-

tronic parts had to meet the appropriate processing,

quality assurance, and reliability requirements outlined

in the 487 Mariner Mars parts specifications.

Table 87 lists the parts distribution on the space-

craft subsystems. All of the major types of electronic

and electromagnetic parts are listed, excluding such parts
its solar cells and connectors.

Table 87. Distribution of electronic and

electromagnetic parts throughout the

Mariner Mars spacecraft subsystems

Tran- Sub-

Subsystem Capac- Diodes Resis- sis- Other" system
itors tors

tors totals

Attitude control 280 349 573 121 74 1397

Cabling 2 0 3 0 0 5

CC&S 255 734 1058 266 261 2574

Command 406 791 1195 345 50 2787

Cosmic Dust Detector 148 70 365 117 21 721

Cosmic Ray Telescope 257 256 480 193 10 1196

Data automation system 917 4382 4374 1210 2844 13727

Data encoder 1614 1475 3316 915 93 7413

Ionization Chamber 69 41 212 20 19 361

Helium Magnetometer 208 79 390 101 24 802

Planetary scan subsystem 82 96 212 65 47 502

Solar Plasma Probe 137 375 528 241 9 1290

Power 125 228 359 121 68 901

Pyrotechnics 30 44 102 2 30 208

Radio 413 227 633 123 175 1571

Television 366 413 942 254 28 2003

Trapped Radiation Detector 59 40 135 39 10 283

Video storage subsystem 202 295 730 215 37 1479

Total subsystem components 5570 9895 15607 4348 3800 39220

:'Included in this column are inductors, relays, transformers, cores, controlled

rectifiers and switches, crystals, thermistors, fuses, transducers, sensitors,

and tubes. Connectors are not included.

NOTE: These numbers are based on preliminary information from the JPL

Quality Assurance and Reliability Division.

8. Postlaunch Reliability Analysis

Reliability analysis work is being performed on test-

ing and failure data collected from both ground-based

activities and the flight spacecraft during the flight of

Mariner IV. These studies are intended to supply infor-

mation that will be of value in the establishing the reli-

ability" of future JPL space efforts.
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XXIII. SPACE FLIGHT OPERATIONS SYSTEM

The Space Flight Operations System is a combination

of the Earth-based (1) mission-independent facilities

and personnel of the DSN and of AFETR and (2) the

mission-oriented equipment, personnel, and procedures

required to direct and evaluate the space flight opera-

tions of the Mariner Mars mission. To accomplish its

tasks, the SFO System uses the capabilities of the DSN

in a configuration suitable for achieving the requirements

of the mission. The primary objective of the SFO System

is to track the spacecraft, evaluate the tracking and telem-

etry data, process and disseminate the data, determine

appropriate commands to be sent to the spacecraft, and

provide proper command execution.

A second objective of the SFO is to evaluate and com-

pare spacecraft and tracking information with informa-

tion obtained from ground observations during the

flight. A third objective is to provide information and

experience on space flight operations and mission per-

formance for use in future mission planning. Documen-

tation supporting the SFO System is shown in Fig. 398.

PROJECT
POLICY AND

REQU REMENTS

CAPABILITIES

SPACECRAFT/ F -- --

,.,r..o, _ ,.w INTERFACE ,.,Lo,_,. I
SPECIFICATIONSI"r_I DOCUMENT rq_l SPECIFICATIONS

, , J , OSE DES GN

r

ISPACE FLIGHT_I__
OPERATIONS SFO TEST

PLAN PLAN

f

l DSN'SFOFi
STANDARD

OPERATING
PROCEDURES

+
I ANALYsIsl

TRACKING GROUP

INSTRUCTION PROCEDURESMANUAL

+
DSN 1

OPERATIONS I

MEMORANDUM I

LSPECIFICATIONSJ

FDTT!_O-Q.

[--_-S!EMS 1

TEST AND
IOPERATIONS'

[ REPORT ]

SPACE FLIGHT1
OPERATIONS /

MEMORANDUM /

Fig. 398. Space flight operations documentation plan

In addition to the DSN equipment used by the SFO

System, a certain amount of equipment is required that
is peculiar to the operations of the Mariner Mars mission.

Mission-dependent equipment includes such items as

the ground telemetry system demodulator, the ground

telemetry system decommutator, and the video film
recorder.

A. Organization

The basic organization of the SFO System is shown in

Fig. 899. The overall operational organization of the

SFO is illustrated in Fig. 400. The Mariner Mars SFO

System organization is, in many instances, distinct from

the mission-independent organization of the SFOF. In

some capacities, the functions of such mission-

dependent personnel as the Data Processing Project

Engineer and such mission-independent personnel as the

Communications Coordinator of the SFOF converge

and are integrated. Figure 401 charts the basic SFOF

organization responsible for controlling and monitoring
SFOF functions for the Mariner Mars mission.

The SFO System works on a three-shift, 24-hr day basis
from launch to the end of the mission. During normal

cruise phase operations, monitoring is performed by a

minimum staff; during such high activity phases of the

mission as operational tests, launch, midcourse maneuver,

and encounter, the space flight operations functions are

performed by a full complement of personnel.

1. SFO System Design

The SFO System design team was organized to formu-

late the SFO System design and to provide the plans,

procedures, and tests required for the preparation and

execution of the flight. The activities of the team were

coordinated by the Space Flight Operations Director.

The team consisted of: (1) the DSIF Operations Man-

ager, (2) the SFOF Operations Manager, (3) the Data

Processing Project Engineer, (4) the Communications

Coordinator, (5) the FPAC Director, (6) the SPAC

Director, and (7) the SSAC Director. The required design

characteristics of the SFO System were to include.

1. The capability to determine the trajectory and per-

form the necessary corrections to the trajectory.

2. The capability to receive, record, and interpret

telemetry data continuously for the duration of the

flight, so as to monitor the spacecraft performance,
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Fig. 399. Space flight operations prelaunch planning and design organization

.

.

5.

.

detect any alarm conditions, and perform any nec-

essary command functions.

The capability to describe spacecraft position and

science sensor orientation in a variety of coordi-

nate systems; in particular, to generate at Mars a

variety of geometrical relationships between the

instrument sensors and the planet.

The use of facilities and equipment of the SFOF.

Sufficient communications between JPL and the

DSIF to simultaneously obtain telemetry from two

spacecraft and tracking data from one spacecraft

from each of the prime DSIF stations.

Sufficient data processing facilities and programs

to perform the functions of spacecraft monitoring,

trajectory determination and possible trajectory cor-

rections, and spacecraft and scientific analysis.

2. Technical Analysis Groups

The technical analysis groups assist in the definition

of the standard mission, recommend courses of action

during nonstandard events in order to optimize the value

of the mission, and perform the intragroups and inter-

group technical liaison required to achieve these objec-

tives.

a. Flight Path Analysis and Command Group. It is

the responsibility of FPAC to use the tracking and perti-

nent telemetry data to obtain the best estimate of the

actual trajectory of the spacecraft and, supported by the

DSIF, to interpret the data supplied by the tracking

stations. It is also the responsibility of this group to

generate the spacecraft commands affecting the flight

path, using the support of SPAC and SSAC to the degree

required. Included in FPAC functions are computing,

maneuver analysis, orbit determination, tracking data

analysis, and trajectory calculation.
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Fig. 401. Space flight operations organization for Mariner Mars 1964

b. Spacecraft Performance Analysis and Command

Group. It is the responsibility of SPAC to determine

the spacecraft performance and to recommend spacecraft

commands as determined by the engineering behavior

and performance of the spacecraft required for mission

success. Included in SPAC functions are engineering

mechanics (such as monitoring of spacecraft tempera-

turc, pyrotechnics, scan actuator, and science cover) and

propulsion analysis.

c. Space Science Analysis and Command Group.

It is thc responsibility of SSAC to: (1) represent the

experimenters in the mission operation; (2) examine and

analyze, to the extent necessary, the data from the space-

craft science instruments and any other sources in order

to inform the SFO Director of the status of the science

instruments and to recommend appropriate action to

improve the scientific worth of the mission; and (3) con-

trol the flow of, and the mathematical operations per-

formed on, the data pertinent to the experiments during

the interval between data acquisition and data trans-

mission to the appropriate scientists.

3. Data Processing

The computing subsystem, which provides the on-line

data processing, display, and command/control functions

to the data processing subsystem, consists of two parallel

multicomputer systems. Each multicomputer system con-

sists of an IBM 7040 input/output processor, an IBM

7288 nndtiplexer, an IBM 7094 main processor, and two

IBM 1301 disc files.

Teletype data received at the SFOF are entered directly

into the IBM 7288 multiplexer. The raw telemetry data,
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which have been received via microwave or phone line

(high-speed data), are preprocessed in the telemetry

processing station and then fed into the IBM 7288.

The IBM 7288 multiplexer acquires data from all

sources, and converts the data to format for entry into

the data processing system. The processing phase includes

data identification, conversion to engineering units, data

alarm monitoring, and conversion to the proper format

for printing and plotting. Data are stored in disc files

for later recovery and processing by the data processing

subsystem. Storage includes data files for immediate

processing during the operational phase and permanent

files that allow retrieval of data for subsequent analysis

and processing. Data are distributed to the user groups

in forms of plots and tabulations. Selected parameters are

also distributed for status display.

In the preliminary processing, the telemetry data are
decommutated, the channels are identified, and the data

samples are time-tagged and compared to preset limits.

If the data deviates from the preset limits, the cognizant

user area is notified. The spacecraft telemetry alarm is

a mission-dependent capability.

B. Computer Programs

The function of the Mariner computer programs is to

provide the required data in the proper format in the

areas of flight path analysis, telemetry monitoring, space-

craft performance analysis, science analysis, command
generation, and, also, for mission evaluation, control, and

operational information.

Basic space flight data processing programs are those

programs necessary to accept and log incoming data,

to monitor spacecraft telemetry and tracking data, and
to perform alarm functions in real time. Analysis pro-

grams consist of two categories: real-time analysis pro-

grams and non-real-time analysis programs.

The real-time analysis programs are necessary to deter-

mine and analyze the performance of the spacecraft, and

are required for the evaluation of science experiments

in near-real time and the diagnosis of the flight path in
near-real time.

Non-real-time analysis programs are unnecessary to

the actual space flight operation but complement the

detailed analyses. This category includes the programs

that determine physical constants and locations from the

tracking data and that perform detailed analyses and

reconstructions of video data. These programs are not

used in the normal course of space flight operations.

Input from non-real-time analysis programs into the real-

time analysis programs may be used, provided such

input, or a substitution of parameters, is deemed neces-

sary and appropriate to the fulfillment of mission objec-
tives.

The mission-dependent programs identify, decom-

mutate, time-tag, edit, and format incoming data. They

exist in both the IBM 7040 and the 7094 computers, each

of which operates on raw data. The 7040 performs alarm

monitoring functions on raw data in real time. A descrip-

tion of some of the computer programs used by the SFO

System is given in Table 88.

C. SFO System Checkout

The checkout of the SFO System included tests re-

quired to bring the system to operational readiness and

the criteria required to determine system readiness. A

series of spacecraft operational compatibility tests and

operational tests were performed. The two series of tests

established were designed to demonstrate the compati-

bility between a spacecraft and the SFO System, and to

demonstrate the operational readiness of the SFO

System. The communications network of the SFO Sys-

tem, both during the tests and during the launch of
Mariner III and Mariner IV, is shown in Fig. 402. The

test schedule is shown in Fig. 403.

1. Spacecraft Operational Compatibility Tests

A series of spacecraft operational compatibility tests

was conducted before launch and before the spacecraft

was shipped to Cape Kennedy. Magnetic tapes and/or

on-line data from flight spacecraft were used to simulate

standard operations for these tests. In addition, the proto-

type spacecraft or magnetic tapes of data were used to

simulate nonstandard conditions. The primary objective

of these tests was to ensure that the ground-based facili-

ties were compatible with the spacecraft; that they were

capable of processing telemetry received from the space-

craft; and that they were capable of transmitting com-

mands to the spacecraft.

a. Spacecraft/DSIF SAF /SFOF Operational Compati-

bility tests. Three t3_es of tests were used to verify the

status and compatibility of the spacecraft with the DSIF,

AFETR, and SFOF operations to be used during the mis-

sion: (1) non-real-time tests, (2) real-time tests, and

(3) real-time closed-loop tests.
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Type of Desig-

program nation

SPAC VPIM

AGCM

SI PM

SSDM

FPAC TDP-ODG

_r

System

ODP

TRAJX

MCIM

MACE

(IBM

7044)

JPEDIT

(IBM

7094)

Table 88. SFO computer program description

Title

Variable Parameter

Input Program

Station AGC Pre-

diction Program

Star Identification

Program

Suppressed Data

Program

Orbit Determina-

tion Program

Traiectory Program

Midcourse Program

Mariner Editor

Program

Mariner Dependent

Editor Program

Description Type of Desig-
program nation

Loads and stores the coeffi-

cients required for the con-

version of raw data to

engineering units.

Plots the predicted station

AGC for a given pass

using the DSIF station

pretrack calibration.

Generates star maps indi-

cating the positions of the

stars with relation to the

spacecraft at various times

during flight.

Decommutates the engineer-

ing data and converts the

raw data values to engi-

neering units. Also incor-

porates data suppression so

that only changing data

are displayed.

Edits tracking data from the

disc and generates a data

table for use by the ODP.

Determines the spacecraft

orbit from tracking data.

Also generates predictions

for the tracking stations.

Determines the trajectory

from the initial injection

conditions.

Determines the maneuver

parameters necessary to

correct the trajectory far

the desired encounter

conditions.

Decommutates Mariner data

and supplies data to the

print, plot, and conversion

subroutines in real time.

Decommutates Mariner data

and writes a special data

table on the disc for use

by the Mariner user pro-

grams. Also processes 7044

log tapes, and generates a

tape containing digital

spacecraft video data

(Data Mode 4).

Science DSTM

MAGM

CRTM

PLAM

RADM

IOCM

DAS 1

DAS 2

DAS 3

Title

Cosmic Dust

Program

Magnetometer

Analysis Program

Cosmic Ray Tele-

scope Analysis

Program

Solar Plasma

Analysis Program

Trapped Radiation

Detector Analysis

Program

Ionization Chamber

Analysis Program

DAS Scan Programs

Description

Lists the accumulative coun-

ter data and the hit analy-

sis data derived from the

cosmic dust experiment.

Contains a suppressed data

option to display only the

changing data.

Carries print and plot por-

tions. Converts raw data

to scientific units. Trans-

forms magnetic vectors

from the spacecraft coor-

dinate system to the celes-

tial coordinate system.

Determines the total mag-

netic vector, and performs

averaging of data over

convenient periods of time.

Decommutates data trans-

mitted by the Cosmic Ray

Telescope, and, using aver-

aging techniques, provides

particle rate and flux sum-

maries. Contains print and

plot portions.

Decommutates data trans-

mitted by the Solar Plasma

Probe and its ancillaries

(i.e., temperature, power).

Resultant data indicate

the solar plasma spectrum

during each instrument

analysis cycle. Contains

print and plot portions.

Decommutates data accord-

ing to the given detector

being sampled. Averages

these data, and provides

particle rate and flux sum-

maries. Contains a print

and plot portion.

Determines ionization level de-

tected by the Ionlzation

Chamber, and, from that,

determines the particle rate

and flux.

Analyze the scan data while

the scan platform is scan-

ning, and predict scan posi-

tion for a given future

time. Compute the time for

transmission of a command

to stop the scan platform

at a given position.
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b. Non-real-time tests, System tests were conducted

using the entire Mariner spacecraft. The spacecraft,

which was monitored by the STC, transmitted telemetry

data in real time to the DSIF ground telemetry subsystem

located in the STC. The GTS received and processed the

data and produced a TTY paper tape record of the

spacecraft telemetry according to a defined format.

On a non-real-time basis, the TrY paper tape record of

the spacecraft telemetry was hand carried from the STC

(at SAF) to the SFOF for processing by the data process-

ing subsystem. The data processing subsystem, using the

SPAC and SSAC IBM 7040 basic telemetry computer

programs, processed the spacecraft telemetry data via

the TTY paper tape input. Video data were processed by

the IBM 7094, the Link film recorder, and the JPL

photography laboratory.

These tests were accomplished in coniunction with the

computer program checkout efforts and during program

integration into the SFOF programming subsystem. The

use of the spacecraft-generated data during this period

ensured compatibility of spacecraft data with the pro-

gramming subsystem. Due to the length of the time pe-

riod involved in this effort, periodic demonstrations of

the data processing were held for the analysis area di-
rectors and the SFO Director.

c. Real-time tests. These tests were conducted during

Mariner PTM and flight spacecraft system tests on a

noninterference basis with SAF. The spacecraft, which

was monitored by the STC, transmitted telemetry data in

real time to the DSIF ground telemetry subsystem lo-

cated in the STC. The TrY encoder output (TTY pa-

per tape and/or high-speed data) was transmitted to

the SFOF data processing subsystem in real time via the

SFOF communications system.

The SFOF, using the data processing subsystem and

the SPAC and SSAC IBM 7040 and 7094 telemetry pro-

grams, received, processed, and displayed (by means of

the various types of output devices) the spacecraft telem-

etry data being received in real time. The IBM 7040

monitored the tests throughout the entire SAF test pe-

riod, and was used periodically to drive the display de-

vices located in the SFOF. At various intervals, the data

recorded on the IBM 7040 were processed in the 7094,

and bulk output was obtained for examination by the

technical analysis groups. Video data were processed by

the IBM 7094, the film recorder, and the JPL photogra-
phy laboratory.

No formal test sequences were used during these tests

because they were used mainly as a source of real-time

spacecraft data for hardware and programming com-

patibility and for output capability checkout.

d. SFOF IBM 7040/7094 program demonstrations.

This group of demonstrations exercised all of the avail-

able user programs, both in the IBM 7040 and in the

7094. Many of the user programs were not ready at

launch time. The demonstrations acquainted the users

(SPAC, SSAC, and FPAC) with the program capabilities

and restraints. The analysis area personnel exercised all

of their programs at designated times using the space-

craft data or simulated tracking data, depending upon

the program.

e. Real-time closed-loop tests. The real-time closed-loop

tests were conducted on the PTM spacecraft. The

loop tests were conducted in accordance with the pro-

cedures and sequence of events established by the SFO
Director. A voice line was established and maintained

between the SFO Director and the Spacecraft Test Di-
rector for coordination of the test.

The PTM was operated through discrete portions of

the flight in corresponding blocks of time; these blocks

covered the spacecraft events from L -- 30 min through

planet postencounter. The spacecraft was operated in

each of two data rates (331/3 or 8% bps) and in each of
the four data modes:

1. Data Mode 1, which is engineering data only

2. Data Mode 2, which is engineering and science data

3. Data Mode 3, which is science data only (used at

encounter)

4. Data Mode 4, which is TV picture playback

The data processing subsystem in the SFOF received,

processed, and displayed the telemetry data in real time.

These data were then analyzed by SPAC and SSAC per-

sonnel. All spacecraft commands were used during the

tests to verify their validity and the validity of the space-
craft's reactions.

Four days were required to complete a real-time

closed-loop test. A test was divided into four parts,

each requiring one day (approximately 8 hr) of space-

craft operations.
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Part I exercised the spacecraft through the periods

from L - 30 rain to L + 1 hr, and from Canopus acquisi-

tion - 30 min, to Canopus acquisition + 30 min. All

spacecraft commands pertinent to those time phases of

space flight were transmitted to the spacecraft.

Part II exercised the spacecraft through the period of

M - 30 rain to M + 3 hr. During that time, all spacecraft

commands pertinent to the midcourse maneuver were

transmitted to the spacecraft.

Part III exercised the spacecraft through E - 2 hr to

E + 1 hr. During that time, all spacecraft commands

pertinent to encounter were transmitted to the space-
craft.

Part IV was the playback of the spacecraft video in-

formation recorded on the spacecraft tape recorder. One

picture was played back and required approximately 8 hr

of spacecraft operation. Video data were processed by the

IBM 7094, the Link film recorder, and the JPL photogra-

phy laboratory in order to produce hard-copy pictures.

2. Operational Tests

A series of operational tests were conducted before

launch, which did not involve the flight spacecraft or the

PTM. The primary objective of these tests was to ensure

that all elements of the SFO System, including technical

and operational personnel, were prepared to support the

spacecraft after launch. Criteria were established for

the evaluation of the tests conducted; the satisfaction of

these criteria proved the readiness of the SFO System to
support the mission.

These tests indoctrinated and exercised the SFO System

operational and technical personnel in the systems and

procedures to be used for the mission. The DSN pro-

vided support to SFO during these system tests.

a. SFO training tests. There were seven SFO training

tests, each of which used the SFOF equipment and facil-

ities for approximately 10 hr. The procedures and se-

quence of events for each test were established by the
SFO Director.

The data (tracking, telemetry, and station messages)

for the SFO training tests simulated discrete portions of
the flight in corresponding blocks of time; these blocks

covered the spacecraft events from L - 80 min to planet

postencounter. The data for the training tests were used

to exercise the data processing subsystem in both the
prime and backup modes.

The SFOF telemetry processing station simulated the

DSIF stations during the internal SFO training tests.

The data package for each test was given to the cognizant

communications engineer with the procedure and se-

quence of events for the transmission of the data to the

SFOF data processing subsystem.

The data processing subsystem received, processed, and

displayed the incoming tracking and telemetry data

and station messages for analysis and action by the

appropriate SFO personnel (SPAC, SSAC, and FPAC)

in real time. Appropriate commands, as required by

the sequence of events or as indicated by the data

being received, were prepared for simulated trans-
mission in real time to the DSIF. The commands'

were prepared in accordance with the procedures delin-
eated in the SFOP.

b. Facility integration tests. There were two facility in-

tegration tests. The duration of each was approximately

24 hr, and the procedures and sequence of events for

each test were established by the SFO Director.

The spacecraft tracking and telemetry data for the fa-

cility integration tests simulated a mission in the same

manner as in the SFO training tests. The data were gen-

erated to activate the DSIF station equipment and sys-

tems to the greatest extent possible.

The DSIF stations participated by routing the simu-

lated spacecraft tracking and telemetry data through the

station equipment and systems, and transmitting the data

to the SFOF via the communications system. The

data were transmitted in accordance with the procedures

and sequence of events delineated in the TIM. The

DSIF stations received and acknowledged receipt of the

spacecraft commands and tracking predictions in accor-

dance with procedures delineated in the TIM. The DSIF

stations executed the spacecraft commands and verified

the execution times in accordance with the procedures
established in the TIM.

The SFOF participation consisted of receiving, pro-

cessing, and displaying the incoming tracking and telem-

etry data in real time. The SFO personnel within the

SFOF analyzed the data and took appropriate action as

required. The SFOF also prepared and transmitted space-

craft commands, prediction data, and station messages in

real time to the appropriate DSIF stations in accordance

with the established procedures.
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c. SFO operational readiness tests. There were two op-
erational readiness tests. The duration of the first was

approximately 72 hr; the duration of the second was ap-

proximately 24 hr. The procedures for these tests were
delineated in the SFOP.

The spacecraft tracking and telemetry data for the

operational readiness tests were generated to simulate

the mission in the same manner as in the SFO training

tests. The data for the tests were generated to activate and

exercise the DSIF station equipment and systems to the

greatest extent possible.

Participation of AFETR in the tests (approximately

6 hr for each test) included: simulating and providing

Atlas/Agena booster launch countdown and boost-phase

flight events through injection; simulating and provid-

ing AFETR tracking data; calculating the parking orbit,

transfer orbit and orbital elements, injection criteria,

and the DSIF look angles; and transmitting all these

data to the SFOF via the communications system.

Participation of the spacecraft checkout facility in the

tests (approximately 6 hr for each test) included: pro-

viding simulated prelaunch and launch spacecraft telem-

etry data; providing launch countdown status and

spacecraft flight events through the injection phase;
transmitting these data and information to the SFOF via

the communications system.

The DSIF Goldstone, Woomera, and Johannesburg

stations participated in the tests by processing the simu-

lated spacecraft tracking and telemetry data through the

station equipment and systems, and transmitting the data

to the SFOF via the communications system in accor-

dance with established procedures and sequence of events.

The stations also received and acknowledged receipt of

the spacecraft commands and tracking predictions in

accordance with established procedures, in addition to

executing the spacecraft commands and verifying the

execution times, also in accordance with established pro-
cedures.

The DSN/SFOF participated in the testing by pro-

cessing tracking and telemetry data. During this phase of

SFO operational readiness testing, the DSN provided
space and equipment for the tests in the SFOF for

the actual functions to be performed by members of the

Mariner project groups.

Tracking data. The SFOF responded to the incoming
data from AFETR and the DSIF stations in real time.

The tracking data from AFETR were processed, and

spacecraft tracking look angles and prediction data were

transmitted to the appropriate DSIF stations in accor-

dance with established procedures. The tracking data from

the DSIF stations were processed to establish the orbit

of the spacecraft, and additional prediction data were

then transmitted to the appropriate DSIF stations. The

tracking data established the orbit of the spacecraft and

determined the requirements for the midcourse correc-

tion. Midcourse maneuver commands were prepared and
transmitted to the appropriate DSIF station for simu-

lated transmission to the spacecraft.

Telemetry data. The spacecraft telemetry data were

processed and analyzed in real time. Backup commands

that might be required because of spacecraft onboard

malfunctions were prepared in the SFOF and transmitted

to the appropriate DSIF station for simulated transmis-

sion to the spacecraft. The SFOF monitored and dis-

played the incoming tracking and telemetry data and
reported the status of the mission.

D. Mariner Mars 1964 Mission Summary

1. Mariner III Summary

Mariner HI was launched from AFETR LC 13 at

19:22:04.920 GMT, November 5. Approximately 60 min

after launch, and as a result of analysis of engineering

telemetry data, SPAC reported that the solar panels were

not deployed and that the spacecraft was still on battery

power. When it became apparent that there was no solar

power and that the spacecraft attitude control subsystem

was not functioning properly, a decision was made to

send a command to the spacecraft to turn off the gyros

before the launch counter ran out in order to back up the

CC&S L-1 and L-2 events and conserve battery power.

This would extend the life of the spacecraft and would

give additional time for any possible corrective action.

Subsequent to turn-off of the gyros, both engineering

and science telemetry data gave indications that the

spacecraft had not become attitude-stabilized, denoting

that either the Agena or the shroud had not separated

from the spacecraft. Separation velocity was calculated

by LMSC as approximately 28 in./sec (a factor that was

approximately normal with the shroud on); both the

oxygen depletion and the C3 value further verified that

the shroud was still on the spacecraft. The FPAC group

reported Agena tracking data that showed the Agena ret-

romaneuver had occurred, indicating that the Agena was

not attached to the spacecraft.
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It was decided to perform a maneuver that might

shake the spacecraft free of the Agena or shroud. Be-

cause of command equipment malfunctions at Woomera,

however, the emergency maneuver sequence was not

eompleted. A second maneuver was attempted from the

Johannesburg station. The maneuver eommand series

was sent and stored in the spacecraft. The exeeution of

the maneuver was not verified, however, since the last

telemetry reception from the spaeecraft occurred prior
to the time of maneuver start.

a. Description of space flight operations. Mariner III

space flight operations began at 10:37:00 GMT (L - 295

min), November 5, 1964, when communication was es-
tablished between SFOF in Pasadena and AFETR.

The spacecraft checkout facility acquired the space-

craft in two-way lock at 14:06:00, went to one-way lock

prior to launch, and remained in lock until 19:24:33.

During that period,the facility provided spacecraft telem-

etry to the SFOF.

Launch occurred at 19:22:04.920, and, at 19:25:00,

data were received at Bermuda. At 19:27:00, the trans-

mission of Bermuda data were interrupted and Antigua
data were transmitted until 19:35:00.

Elements of injection conditions of the parking orbit

were received from AFETR at 19:86:00, and elements of

injection conditions of the transfer orbit, based on the

actual parking orbit and the nominal second burn, were
transmitted from AFETR 6 min later. The launch azi-

muth was verified as 102.9 deg by AFETR at 19:42:00.

Woomera acknowledged receipt of look angles from

AFETR at 19:43:00, and Woomera acknowledged pre-
dicts from the SFOF at 19:46:00.

The FPAC group announced that the spacecraft would
enter the Earth's shadow at 19:44:44 and would leave

the Earth's shadow at 20:05:40. The FPAC group an-

nounced further that separation would occur at 19:58:22;

that Johannesburg rise would occur at 19:53:04; that

Johannesburg set would occur at 20:01:04; and that
Woomera rise would occur at 20:07:04.

All systems appeared to be functioning properly dur-

ing the initial phase of the flight. At approximately
L + 60 min, SPAC personnel confirmed that the science

instruments were on,but that there was no indication of

solar panel power. The spacecraft was declared to be in a

nonstandard mode. Analysis of the Pretoria data pro-
duced a Ca of 4.04 km2/sec _-rather than the Ca of 10.4

required to inject the spacecraft into a Mars trajectory.

However, since the epoch corresponding to that calcula-

tion was in error by 5 hr, it was decided that nominal

DSIF acquisition predictions would be used until the

anomaly could be solved.

At that time, the AFETR analysis net had been set up

to make recommendations between the Proiect Manager

at Cape Kennedy and the SFO Director and Analysis
Area Directors at the SFOF in Pasadena.

The DC-15 command was sent at 2,3:06:02, and power

data indicated the gyros were off at 2,3:12:09. The pur-

pose of the DC-15 was to turn off the gyros for power
conservation, to back up deployment of the solar panels,

and to effect turn-on of the attitude control subsystem.

A decision was made to transmit a DC-25 followed by a

DC-26 command in order to determine whether the scan

platform would move; this would presumably have de-

termined whether the Agena was still attached to the

spacecraft. The DC-25 command was transmitted at
23:21:30 and verified at 23:23:00. Data revealed little or

no scan platform movement and almost immediate wide-

and narrow-angle acquisition. The use of this command

failed to verify whether or not the Agena was attached

to the spacecraft. The DC-26 command was transmitted
at 23:29:05 and verified at 23:30:00. This command was

supposed to turn off planet and cruise science and the

battery charger, and thereby reduce the consumption of

spacecraft power. Science instruments were verified as

being off at 2,3:,32:00.

The maneuver command began with the transmission

of QC 1-1 at 2,3:51:58. The command detector was out of
lock and the command was retransmitted at 00:00:00

in the emergency mode. The tracking station was re-

quested to use the emergency command mode of the

command system so that commands could be transmitted
in one-fifth the normal time and would not be inhibited.

The QC 1-2 command was sent at 00:01:,30; QC 1-,3
was transmitted at 00:03:45; DC-27 was sent at 00:05:00
to start the maneuver and was confirmed at 00:07:00; and

DC-29 was translnitted at 00:08:00. The DC-13 command

was transmitted at 00:14:00 to shut off the gyros, and was

confirmed at 00:15:00 by the presence of Mode 2 data;
DC-1 was transmitted at 00:38:41.

At 01:09:00, SPAC reported a normal pitch tnrn dura-

tion, and, at 01:29:00, the roll turn was verified as being

of normal duration. No pitch or roll motion was ex-

pected nor was any observed, since the maneuver was

inhibited and the gyros were shut off. It was planned
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to transmit DC-14 at 01:40:00 to uninhibit the maneuver

sequence and allow the motor to burn. The command

system at Woomera failed prior to the scheduled trans-

mission of DC-14 and, as a result, no motor burn
occurred.

At 01:44:00, command transmission was changed from

Woomera to Johannesburg, which was instructed to re-

duce its transmitter power from 10 to 1 kw. At the time

Johannesburg was in command lock, at 10:12:00, SPAC

estimated the spacecraft life as 2 hr, 13 min.

At 02:29:00, DC-28 was loaded in the GCS, and was

transmitted at 02:37:25 to turn on the battery charger
and turn off 2.4-kc power to the VSS.

Another QC 1-1 command was transmitted at 08:28:08

and verified at 08:28:48; QC 1-2 was transmitted at

03:30:25, and QC 1-8 at 08:32:85. A DC-27 command

was sent at 08:85:27; DC-14 was sent at 03:45:00 and

verified at 08:45:22; DC-19 was transmitted to turn off

the gyros at 08:45:55 and was verified at 08:46:17.

The motor burn was calculated to start at 05:19:27;

and estimated battery life was to end at 04:05:55. No

verification of the maneuver was possible.

b. Performance analysis. Some difficulty in properly

evaluating the performance of the Mariner III spacecraft

was encountered as a result of various aspects of the

flight. This was partly attributable to gaps in the tele-

metered data during the early portion of the flight, and

partly due to the apparently nonstandard environment

that existed. No obvious spacecraft design errors were

discernible from the spacecraft's performance. Most sub-

systems operated quite normally; those that did not ex-

perienced anomalies of a type that indicated either a

greater noise sensitivity than expected on the basis of

test experience or a much more severe environment than
anticipated. Since most of the evidence indicated that

the aerodynamic fairing remained with the spacecraft

throughout the flight, the severe environment assump-

tion appears to be the more reasonable explanation.

The various engineering subsystems were classified in

the following manner: those that operated normally;

those that cannot be properly evaluated because of inter-

ference with the spacecraft operation by the aerody-

namic fairing; and those that experienced anomalies

that may or may not have been induced by the environ-

ment to which the spacecraft was exposed both before
and after injection.

Of the anomalies experienced, not all are fully under-

stood. A malfunction in the radio subsystem was most
serious because it is not known whether it was induced

by the conditions resulting from failure of the protec-

tive aerodynamic fairing to clear the spacecraft. Another

anomaly occurred between L + 78 and L + 204 see when

the low-deck commutator skipped from position 428 to

position 425. The occurrence of a single, low-rate deck

skip is not common. This deck skip was not readily ex-

plicable, since no electrical transient of the type that

cause deck skips is known to have occurred during this

interval. (It may be relevant that this interval brackets

an abnormal vibrational shock noted at L + 108 see.) A

pressure increase at about L -I- 104 sec was detected on

the shroud cavity pressure transducer, an event that

may also be related to the deck skip. The monitoring

of any abnormal spacecraft activity at L + 103 see was

not possible because that telemetry data frame was being

commutated through the zero science position of the
frame.

The spacecraft incurred some physical damage prior
to L + 468 see, at which time the -X solar vane telem-

etry channel was sampled for the first time. This sam-

pling indicated that the potentiometer wiper arm had

either been driven completely beyond its normal limiting

position in the opposite direction, away from the normal

launch position, or that it had sustained a short. At

L + 589 see, the + Y solar vane telemetry measurement

showed that the potentiometer wiper arm had either

been driven completely beyond its normal limiting posi-

tion in the opposite direction, away from the normal

launch position, or that it had sustained an electrical

open circuit. Later in the flight, this telemetry measure-

ment indicated a shift in the potentiometer position, or a

partial circuit closure once more. Since the change was

not abrupt, it was surmised that the physical motion of

the potentiometer wiper arm must have been the cause

of the shift in telemetry reading.

Perhaps related to the solar vane damage is the fact

that the positive yaw valves may have been rendered

inoperative during the preseparation phase. The Mag-

netometer data indicated that the positive yaw valves

had not been firing, which seemed to be corroborated

by the analysis of the attitude contxol gas consumption

rates. The Magnetometer could sense changes of approx-

imately 300 _, in the magnetic flux with a periodicity

corresponding to the anticipated solenoid activation for

gas jet firing under the flight conditions existing. This

could have been possible only because of the close prox-

imity of the gas jet assemblies to the Magnetometer.
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Such proximity could have existed if the panels had not

been permitted to deploy fully.

The SPAC engineers are confident that solar panel

deployment was not impaired by failure of the pyro-

technics to fire the squibs. The firing command, which

also activates circuits to fire the solar panel pinpuller

squibs, was undoubtedly issued since the scan platform

was unlatched. Both pyrotechnic channels provided cur-

rent at least to some of the squibs because the proper

event register readings were observed to substantiate this
fact.

The spacecraft performed as would have been ex-

pected with the aerodynamic fairing on it. The exces-

sive expenditure of attitude control gas had no effect on

spacecraft rates. Even with the solar panels undeployed,

the gas jet orientation was designed so that as long as

both valves fired to provide a certain torque to the

spacecraft, the couple to produce this torque would exist

even though the couple would be severely reduced from

its nominal value when the panels were fully deployed.

For a time during the flight it appeared that one of

the solar panels might have deployed. This appearance

was due to an event register No. 3 indication in the first

decodable data received from Woomera, which matched

that expected for normal panel deployment. Additional

information was deciphered after the spacecraft stopped

transmitting showing that one of the events had not oc-

curred by L + 52 min. This was considerably past the

normal time for solar panel deployment via the SIT com-

mand, which is nominally issued at separation plus 180

sec. At L 4- 53 min, the CC&S L-1 launch command was

issued to provide the backup solar panel deployment/

scan platform unlatch signal. It is probable that the event

in register No. 3 was due to the L-1 command causing

current to be passed through one or more shorted squibs

in pyrotechnic channel B, although occurrence of shorted

squibs is not too unusual. (Tests showed that 20% of the

squibs of this configuration fired, short at ignition due to

the combustion products and the bridgewires within the

cartridge.)

Little doubt remains as to whether the aerodynamic

shroud remained with the spacecraft or was ejected.

Much effort was expended analyzing spacecraft data to

verify that the shroud was not ejected.

Based on analyses of data and/or photographs of the

flight, the following arguments are presented to support

the theory that the shroud remained on the spacecraft:

1. Motion pictures taken from Melbourne at L 4- 80

sec showed objects approximately 10 in. in diame-

ter, which initially appeared next to the shroud,

appearing in the area of the Agena later on.

2. Photographs taken from Vero Beach at L + 101.9

sec showed what may possibly have been shroud

fragments.

3. The Atlas rate gyros detected a pitch (down ±22a/,

deg) at L + 103.1 sec, which corresponded to the

application of a 30- to 50-1b load for 10 msec

through the spacecraft CG and normal to the ve-

hicle roll axis. This initial downward pulse was fol-

lowed by ringing at the second bending mode

(12 cps) of the vehicle, which could be explained

by material being blown from the bottom shroud

surface and adhering to the spacecraft.

4. Approximately 0.23 sec after the start of the Agena

first burn, an impact occurred; a second impact
occurred 0.1 sec later, and a third 0.8 sec later.

Each succeeding shock was of increasing magni-

tude. The data appeared to indicate that impact

between the shroud and the Agena or spacecraft

occurred several times during that period.

5. Injection energy corresponded very closely to the en-

ergy that would have been achieved had the shroud

not been ejected.

6. Oxidizer depletion occurred during the Agena sec-
ond burn. With the indicated nominal Agena en-

gine performance, this could have occurred if an

additional mass of significant size had been present

throughout both burns.

7. The Magnetometer detected magnetic fluxes with

the periodicity of the gas valves being actuated.

These could only have been sensed if the solenoids

were near the Magnetometer.

8. No bona fide cosmic dust hits were observed.

9. The received power level showed up to 20-db varia-
tion in a few seconds rather than the 2 to 4 db

predicted from the nominal antenna pattern. Large

rapid variations, similar to those observed in the

received signal level, could have been caused by

interference patterns between the parasitic antenna
on the shroud and the distorted pattern from the

low-gain antenna.

10. The solar panels showed no sign of illumination,
i.e., no current was drawn from them. Solar panel

deployment events were not seen.
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11.

12.

13.

The Sun sensors appeared to have a broad null

region, greater than 180 deg. This would have been

impossible unless the primary Sun sensors, mounted

on top of the octagon, had not been illuminated

and the acquisition Sun sensors, mounted at the

bottom of the octagon, had been partially shaded.

The Sun gate sensor, with its 10-deg field of view,

gave no telemetry indication.

The antenna pattern was of sufficiently fine struc-

ture to permit variations of 12 to 16 db to be seen

every few seconds, whereas the expected variations
were 2 to 4 db over the same time interval.

14. The solar panel temperature, sampled every 4.2 sec

in Data Mode 1, measured an approximately con-
stant --30°F. These measurements were made on

opposite solar panels, and more extreme variations

between them would be expected (approximately a

50°F difference) if sunlight had been shining on

the spacecraft. In addition, the measured tempera-

ture in sunlight would have been much higher.

15. The Trapped Radiation Detector and Ionization

Chamber showed low-energy particle intensities,

100 times less than would be expected in that region
of space. It must be concluded that the field of

view of the sensors was definitely obstructed. This
would indicate that the shroud was at least as low

as the top of the octagon.

16.

17.

Earth detector readings made when the gyros were

off indicated an illumination level that could only

have been a reflection from the fairing; this level

could not have represented direct illumination of
the cell.

In general, temperatures measured at points above

the top of the octagon were lower than expected.

The temperature sensors would nominally have been

exposed to the Sun; they were designed to dissipate

solar input in accordance with variations in tempera-

ture control. Obviously, no solar input was present.

The spacecraft responded properly to all commands

transmitted to it. Actually, 17 commands were sent (11

direct commands and 6 quantitative commands). The 6
quantitative commands were the duration commands for

pitch, roll, and motor burn for the two maneuvers at-

tempted. The direct commands were DC-1, DC-13, DC-14,

DC-15, DC-19, DC-25, DC-26, two DC-27's, DC-28, and
DC-29. This represents about one-third of all the avail-
able commands.

Deck skips, observed at various times during the flight,

occurred primarily at times when the power on the space-
craft was being switched; similar situations had been

noted during system testing. In addition to the low deck

skip, a severe transient struck the spacecraft at 22:48:00.

It reset the 60-word counter in the data encoder during a

science frame and consequently reset the high-rate deck

to the telemetry channel 100 synchronization word. The

Plasma Probe was noted as skipping 61 steps in its cycle

at approximately the same time, and the Cosmic Dust

Detector recorded two film penetrations (one on each
side of the plate) also at about the same time. There are

no explanations for these anomalies.

An incremental step of telemetry channel 220 from a

digital number of 20 to a digital number of 21 was

noted when the gyros went off at 28:10:04 with the

transmission of DC-15. Gyro power transients have been

known to cause deck skips, but this phenomenon oc-
curred for the first time.

2. Mariner IV Summary

Mariner IV was launched from AFETR LC 12 at

14:22:01.309, November 28, with an inertial launch

azimuth of 90.5 deg East of North. After lfftoff, the

booster rolled to an azimuth of 91.4 deg and per-

formed a programmed pitch maneuver until booster

cutoff. During sustainer and vernier stages, adjustments

in vehicle attitude and engine cutoff times were com-

manded, as required, by the ground guidance computer

to adjust the attitude and velocity at Atlas vernier en-

gine cutoff.

After Atlas/Agena separation, there was a short coast

period before the first ignition of the Agena. At a preset

value of sensed velocity increase, the Agena engine was

/ cut off. At that time, the Agena/spacecraft combination

was coasting in a nearly circular parking orbit in a

southeasterly direction at an altitude of 188 km and an

inertial speed of 7.80 km/sec.

After a parking orbit coast time of 40.87 min, which

was determined by the ground guidance computer and

transmitted to the Agena during the Atlas vernier stage,

a second ignition of the Agena occurred. The Agena was

cut off with the Agena/spacecraft combination in a
nominal Earth-Mars transfer orbit 96 sec after the second

ignition.

Injection (second Agena cutoff) occurred at 15:04:27.2

over the Indian Ocean at a geocentric latitude of -26.25
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deg and a geocentric longitude of +68.82 deg. The

Agena/spacecraft combination was at an altitude of

197.2 km and was traveling at an inertial speed of 11.443

km/sec. At 15:05:50.2, the Agena/spacecraft entered the

Earth's shadow. The Agena separated from the space-

craft 1 min, 18 sec later. At 15:17:34.8, Mariner IV left

the Earth's shadow after being in the shadow for a total

of 11 min, 44 sec. Within an hour after injection, the

spacecraft was receding from Earth in an almost radial

direction with decreasing speed. This reduced the geo-

centric angular rate of the spacecraft (in inertial coordi-

nates) until the angular rate of the Earth's rotation

exceeded that of the spacecraft.

The CC&S L-1 event (deploy solar panels and un-

latch scan platform) occurred at 15:15:05. The CC&S

L-2 event (turn on attitude control) occurred at

15:19:02, which was 0.691 sec off the nominal time for

the event. Event readings indicated the proper step in

event register No. 2. Sun acquisition was completed at

15:31:04, and was confirmed by a step-up in event regis-
ter No. 4.

The deployment of the solar panels and the begin-

ning of Sun acquisition occurred on time following

Agena/spacecraft separation. Sun acquisition was com-

pleted by 15:31:04.

The pyrotechnics operated normally at separation.

Both channels were armed and all expected indications

for solar panel deployment and scan platform unlatch

were received, which indicated proper operation of the

pinpullers. Pyrotechnic current indications were also
seen at the CC&S L-1 event, which was not considered

abnormal since pinpullers have a possibility of shorting

after they have been fired. Telemetry indicated that the
VSS launch mode was turned off on time.

Deck skips and resets were observed between 16:59:00

and 17:22:35, although performance before and after

that time was nominal. During that period, the encoder

saw 7 high-rate resets, 17 medium-rate skips and resets,

and 15 low-rate skips and resets. All data observed dur-

ing this 23-min period looked good with no significant

change to any of the engineering measurements. The

cause of this anomaly has not been determined.

The CC&S L-3 event (initiate Canopus acquisition)
occurred on time at 06:59:01, November 29, and an

object was acquired at 07:10:03. The L-3 event was con-

firmed by an event register No. 2 indication. (The event

registers then read 1754.) The start of the Canopus ac-

quisition sequence was at a clock angle of 60 deg with

Canopus as reference. The object acquired was at a clock

angle of 119 deg (in the vicinity of Markab). The next

object acquired was the star Alderamin at a clock angle

of 115 deg.

The gyros came on again at 18:12:57 and roll search

was started. The gyros went off at 18:29:20,and the star

Regulus was acquired at a clock angle of 279 deg. Since

the first cyclic pulse occurred on time at 16:59:10, No-

vember 29, it was decided to transmit the necessary radio

commands for Canopus acquisition after Goldstone ac-

quired the spacecraft on November 80.

The first DC-21 command was transmitted at 09:18:00

November 80, and was verified at 09:18:55. Roll search

started and continued until the gyros went off at

09:20:52. The star acquired was tentatively identified as
Naos. A second DC-21 command was not transmitted

until 10:45:00 because of science calibrations. The sec-

ond DC-21 resulted in a roll search of short duration.

The object reacquired was either the same object or a

new object identified as Gamma Velorum.

A third DC-21 was transmitted at 10:57:09; gyros

came on and roll search was started. An object was ac-

quired at 10:59:26. The gyros went off at 11:02:47, and

the expected saturated Earth detector reading was ob-

served. The object acquired was determined to be

Canopus by the light intensity observed by the Canopus

sensor and by the saturated condition of the Earth
detector.

All temperatures were near stabilization with the ex-

ception of those at Bays I, VII, and VIII, which ran

hotter than equilibrium because of the activity of the

gyros during the Canopus acquisition sequence. Tem-

peratures were about eight degrees lower than antici-

pated, but were well within the tolerance allowed.

Several of the temperatures were considerably cooler

than expected: the Magnetometer was 20°F cooler, the
Ionization Chamber was 30°F cooler, and the solar pan-

els were 15°F cooler. Even with the lower temperatures,

it is expected that all subsystems will remain within

operating limits through the encounter phase.

The data acquisition system cruise calibrate sequences

occurred on time. At 13:42:00, approximately 3 hr after

Canopus acquisition, a transient was observed on the

spacecraft roll channel. Cross-coupling effects were also
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noted on pitch and yaw channels. The transient did not

cause loss of acquisition and its effects gradually di-
minished. The cause of the transient is unknown.

On December 1, the spacecraft temperatures were fully

stabilized. All temperatures were within operating
ranges. The propulsion system appeared normal with no

evidence of leakage. Attitude control gas consumption

was detected. At 10:10:00 December 2, the spacecraft

roll axis momentarily dropped lock on Canopus and the

gyros came on. Canopus was reacquired almost immedi-
ately and the gyros went off after their minimum run

time. The first solar vane movement was detected on

the +X vane at 04:48:00 December 2.

The Mariner IV trajectory correction maneuver sched-

uled for December 4 was inhibited by ground command.

The sequence of planned maneuver events was followed

through receipt of DC-27 by the spacecraft. Almost im-

mediately after the spacecraft responded to DC-27,
Canopus acquisition was lost and a roll search was be-

gun. A successful maneuver requires that roll and pitch
stabilization be maintained by star lock and Sun lock

until the time of the maneuver pitch turn. The maneu-

ver was inhibited by a DC-13 at 14:47:13 December 4,
after Canopus lock was lost. Sun lock remained stable

during that period. The maneuver clock continued to run,

which is normal after DC-13, and issued the maneuver

events at the proper times. No spacecraft reaction oc-

curred, which is proper following a DC-13 command.

The spacecraft continued to roll until 14:52:00, when

the first object was acquired. The DC-21 commands

were transmitted at 15:22:00, 15:32:00, and 16:02:00,

and short-duration roll searches occurred for each DC-21.

It was decided to discontinue the attempt to acquire

Canopus during the Goldstone pass since little time re-

mained in the Goldstone view period.

Woomera acquired the spacecraft at 14:15:19 Decem-

ber 4. At 21:53:45, DSIF Net Control advised Woomera

that command procedures were to start for the acquisi-

tion of Canopus. Command modulation was turned on

at 22:14:30, and telemetry channel 104 indicated com-

mand loop in lock at 22:24:25. The first DC-21
command was transmitted at 22:40:00. Two more

DC-21 commands were transmitted to the spacecraft,

which resulted in Regulus acquisition being confirmed
at 23:33:14. Three additional DC-21 commands were

transmitted to the spacecraft, and, at 28:59:22, the ac-

quisition of Canopus was confirmed.

The second attempt to perform the midcourse maneu-

ver occurred on December 5, when it was successfully

completed at 16:44:00.
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XXIV. SYSTEMS ANALYSIS AND MISSION PLANNING

In this Section, the term systems analysis covers the

activities of defining a standard set of flight paths to a

planet, the analysis of correction maneuvers to the stan-

dard flight path, and the operational determination of

the actual flight path from radio tracking data.

The term mission planning covers those activities con-

cerned with analyzing mission trade-offs, such as launch

constraint analysis, range safety waiver requests, mod-

els of mission-success probability, studies of planet-

contamination probability, and launch period and launch

window planning.

A. Mission Planning

1. Studies of Impact Probability

To protect Mars from possible contamination by vi-

able organisms from Earth, the National Aeronautics

and Space Administration set the policy that any un-

sterilized spacecraft launched to Mars must have less

than a 10-' probability of accidental impact with the

planet. The efforts and analyses carried out to ensure

that the probability of accidental impact by the Mariner

spacecraft or the Agena is less than 10 -4 are described

briefly here. A more detailed analysis and explanation is
contained in Ref. 35.

The Mariner III spacecraft was to be aimed at launch

to send the spacecraft to the nominal aiming point.

Expected dispersions in the injection conditions, how-

ever, would require a trajectory correction maneuver.

The maneuver would attempt to place the spacecraft

on a trajectory passing through the nominal aiming

point. If the initial correction failed to achieve an ac-

ceptable planetary encounter, a second maneuver

would be available. It was obvious that following in-
jection and one or both trajectory corrections there

would be a finite possibility of having attained an impact

trajectory by accident. Following injection, the Agena

would perform a yaw maneuver and would fire a solid

retro-rocket in order to ensure that the Agena stage

would have the less than 10-' probability of impacting
the planet.

The Mariner IV mission profile differed from the

Mariner Ill profile in one important aspect. The space-

craft was to be aimed at launch to pass sufficiently

away from the planet that the probability of impact at
injection would be less than 10 _4. This would allow for

the removal of the Agena retro-rocket, with a subsequent

increase in energy from the launch vehicle due to the

decreased weight, and a lengthening of the launch period

by about 4 days.

The overall probability of the spacecraft or Agena

or both impacting the planet was the sum of eleven

probabilities (Fig. 404). In order to compute the indi-

vidual probabilities, the following assumptions were
made:

. The probability of the spacecraft or the Agena im-

pacting the planet at injection (before retro on the

Agena), without a biased trajectory, was 2 × 10 -3.

This figure was found by mapping the injection

dispersions given by the covariance matrix of in-

jection errors to the planet, and by integrating

over the planet capture radius.

. The probability of the Agena impacting the planet
after the retro-maneuver was 10 -_. This figure was

found by multiplying the probability of impact be-

fore retro by the probability of an unsuccessful
retro-maneuver.

. If nominal nonbiased trajectories were used, the

probability of requiring a midcourse correction to

the trajectory, even though the spacecraft was not

on an impacting trajectory, was 0.98. This figure

was found by mapping the injection dispersions to

the planet and integrating over the area in which

an acceptable encounter occurred.

,

.

The probability of requiring a mideourse correc-

tion if the trajectories were biased was 1.0.

The probability that the spacecraft would be able

to perform a midcourse correction, if one were re-

quired, was 0.97. This figure was derived from the

assumption that the probability of the spacecraft be-

ing operable at injection was 0.98, and the proba-

bility of a successful motor burn, given an operable

spacecraft, was 0.99. The probability of a successful
second maneuver was 0.96 or 0.95. This figure

was found by multiplying the probability of a

successful first maneuver by the probability of the

spacecraft surviving the time span between first and

second maneuver. The time span between maneu-
vers was assumed to be 2 weeks maximum if the

first maneuver resulted in impact, and 6 weeks
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maximum if the first maneuver did not result in

impact. The difference in time resulted in the dif-

ference in probability.

. The probability of requiring a second maneuver

was 0.10. This was found by computing statistically
the size of the first maneuver as a result of the in-

jection dispersions. The dispersions in executing

this maneuver were given by the covariance of

execution errors, and were then mapped to the

planet and integrated over the region of acceptable

planetary encounter.

. The probability of impact following a maneuver

was, at most, 10 -5. This probability was found by

mapping the dispersions from the execution of the

midcourse maneuver to the planet and integrating

them over the planet capture area. This quantity

was highly sensitive to the size of the maneuver and
the miss distance to be corrected.

, The probability of a successful launch was as-

sumed to be 0.74. By using the assumptions in the

model shown in Fig. 404, the eleven individual

probabilities could be computed from the above

estimates, and the total probability of planet im-

pact was computed to be approximately 0.9 × 10-'.

In addition to the possibility of contaminating Mars

by accidental impact, the planet might also be contami-

nated by viable particles expelled from the spacecraft as

it passed the planet. These particles would come from the

gas expelled by the attitude control jets, the gases ex-

pelled by the midcourse motor, and the outgassing from

the spacecraft.

Particles outgassed from the spacecraft would have a

negligible probability of contaminating the planet for

two reasons. First, since the temperature of the spacecraft

would be highest during the early phase of flight, it was

expected that what little outgassing did occur would take

place at that time, subjecting the particles to months of

ultraviolet radiation. Also, the ratio of area to mass

of the particles outgassed would be from 103 to 10'; times

that of the spacecraft, and, hence, the effect on the

trajectory of the particles due to solar pressure would

be proportionately larger than on that of the spacecraft.

The spacecraft nominally would be perturbed about

20,000 km off course by solar pressure. Even if the

particles survived the ultraviolet environment, they, too,

would undoubtedly be perturbed by solar pressure con-

siderably off an impact course.

It was estimated that the probability of viable or-

ganisms being expelled from the midcourse rocket mo-

tor was essentially negligible because of the extremely

high temperature environment the particles must sur-

vive. Even if a viable organism survived, it would then

have to travel at least 200 days through space to en-

counter Mars, since the midcourse maneuver would oc-

cur within the first few days of the mission. During that

time, the particles would be exposed to continuous ultra-

violet radiation with a high probability of destruction.

In addition, the particle trajectory would be radically

different from the spacecraft trajectory.

The question of the probability of viable organisms in

the attitude control gas impacting the planet was some-

what more complex, since the gas jets might operate in

the close vicinity of the planet. In that event, a small

amount of the gas might impact the atmosphere of Mars

if there were no further perturbations. However, four
considerations were involved in that determination:

.

.

.

.

The control gases would leave the spacecraft with

a relative velocity of 0.7 km/sec, which implies

that they would follow a considerably different

flight path than that of the spacecraft.

The flight time to the planet would be measured

in days or hundreds of days except for those par-

ticles expelled near the planet, and it was reasonable

to expect that the interplanetary environment

would destroy any viable organisms except those

emitted very near the planet.

With the solar sail control system functioning, the

number of attitude control jet actuations was ex-

pected to be reduced almost to zero, except during

maneuvers; thus the amount of gas expelled was

expected to be very small.

The effect of solar pressure on the emitted particles

would be 103 to 10 _'times greater than on the space-

craft. Particles emitted anywhere but very near the

planet would be blown far away from the planet.

It was considered highly unlikely that any viable

organisms emitted prior to a few days before en-

counter would enter the Mars atmosphere.

A further study was made to estimate the probability

that particles ejected near the planet would impact it.

It was assumed that viable particles would be expelled

at constant velocity and would be uniformly distributed

in an exhaust cone about the jet-nozzle axes. It was also

assumed that only one out of every thousand organisms
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in the attitude control subsystem would be expelled dur-

ing that period because (1) the control jets would, in all

likelihood, not be operating due to the solar sails, and

(2) some would already have been expelled during the

flight. Assuming a 15,000-km miss distance, the number

of particles n to enter the planet's atmosphere was com-
puted to be

2. Launch Constraints Analysis

The purpose of the launch constraints analysis was

to define all the constraints affecting the launch of

Mariner III and Mariner IV brought about by the

Spacecraft System, Launch Vehicle System, Space Flight

Operations System, and the Deep Space Network System.

n=0.26× 10 -SN

where N is the assumed number of viable organisms in
the system.

The filtering system in the attitude control subsystem

would keep it extremely clean but not sterile; some viable

organisms would exist. (To estimate the number closely
was difficult.) The U. S. Army Biological Laboratories

in Fort Detriek, Maryland, reported that it found white,

gram-positive rods and some yellow, gram-positive cocci

in bottled nitrogen. The maximum number of colonies

found (in the three commercially filled tanks tested) in

16 Ib of nitrogen was 12. The spacecraft gas tanks were
assembled and filled in ultra-clean rooms, under condi-

tions much cleaner than those used for manufacturing

and filling the commercial bottles. There was, therefore,

no reason to believe that the spacecraft tanks were any
more contaminated than the commercial tanks. On that

basis, the two 21/_-1b spacecraft tanks contained approxi-
mately four viable organisms.

All attitude control nitrogen from the spacecraft tanks

had to pass through two filters in series. Each filter was

efficient enough to prevent less than one 0.3 _ particle in

100,000 from passing through it. Laboratory experience
at Fort Detrick and at the Communicable Disease Center

of the Public Health Service indicated less than one fail-

ure in 100 of these filters. Thus, the probability of ejec-

tion of a single viable microorganism from the nitrogen

attitude control jets equalled the number of available

microorganisms times the composite probability of fail-

ure of the two filters in series, or 4 × 10 -4. Substituting

this value of N for the number of viable organisms ex-

pelled by the attitude control subsystem yielded a com-

posite probability of impact on Mars by a viable organism
of less than 10- a2.

In summary, it can be stated with considerable assur-

ance that outgassing, particle ejection from the mid-

course motor, and particle ejection from the attitude

control jets have a negligible probability of impacting
and contaminating Mars.

A summary chart of the launch constraints resulting

from a preliminary analysis is presented in Fig. 405.

There appeared to be no constraints imposed by the

spacecraft system other than the one due to the Canopus

sensor and low-gain antenna operational characteristics.

These characteristics indicated that any launch day prior

to day 15 was unfavorable. (For security reasons, the

launch period was considered in terms of day numbers,

with October 21, 1964 as day 1.)

Performance of the Launch Vehicle System limited

the launch period to day 5 through day 55. A prelim-

inary analysis indicated, however, that, if the requirement

for 3 _ propellant margins were to be honored, the launch

period would have to be constrained to days 15 through

44 for the Atlas 289D/Agena 6981 launch vehicle com-

bination on LC 13, and to days 17 through 42 for the

Atlas 288D/Agena 6982 launch vehicle combination on

LC 12. Launch day 22 was eliminated from the launch
period for several reasons.

If the requirement for 3 _ propellant margins in the

Atlas D were to be honored, then the launch windows

on days 15 and 16 would have to be truncated at a

launch azimuth of 108 deg, which made the azimuths

from 108 to 114 deg unavailable for launching. The other

known constraint that was imposed by the Atlas D on

the launch windows was the maximum permissible cold-

soak time after liquid oxygen loading began. It ap-

peared that launch window durations of at least 2 lff

would be available. The maximum acceptable LOX top-
ping time was established to be at least 8 hr.

The Agena D restart timer was not capable of accom-

modating variations of more than 810 see in parking

orbit coast time within a given launch day. For that

reason, it was not always possible to use the full launch

azimuth corridor between 90 and 114 deg, which was

particularly true on launch days when injection occurred

downrange. Also, the restart timer had a limited capabil-

ity of supporting a launch period of more than 4 days,

because the Agena D timer could only use a maximum

of four "patch plugs." (These plugs provided the gross
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Fig. 405. Preliminary summary launch constraints for Mariner Mars 1964

variations in parking orbit coast time necessary to sup-

port a second burn.) It was anticipated that for the

Mariner III and /V launch period, a few days at most

would have their launch windows slightly truncated.

It was required that the Agena D be removed and

revalidated after 28 days on the launch pad if it had

not been mated, or after 15 days if it had been mated.

The revalidation would require about 6 days if it had
not been mated and 10 days if it had been.

m/sec, as compared to the total available midcourse

maneuver capability of 87 m/sec. Thus, the cold clouds
did not create a constraint to the launch windows.

The Agena D horizon sensors would not function

properly if the Sun was in their field of view. In the prelim-

inary analysis, a constraint resulting from such a prob-

lem had been established to begin on day 26 at a

launch azimuth of 110 deg (Fig. 405). This constraint

decreased to a launch azimuth of 118 deg on day 89

when the restriction ended.

The Agena horizon sensors could respond improperly
to cloud masses within their field of view; cold clouds in

the vicinity of the ascent trajectory could induce error

signals in the Agena guidance system, since the sensors

interl_ret the coldness of the clouds as the coldness com-

ing from space. The reported cold-cloud formation was

put into a computer program to determine the amount

of midcourse maneuver required to correct for trajectory

errors induced by the cold clouds. It turned out that for

both Mariner III and Mariner IV, the largest midcourse

maneuver required for this effect was only about 10

Adverse weather conditions could have resulted in a

launch hold. Such conditions were:

1. Excessive surface winds and/or excessive wind

shear.

2. Excessive clouds or excessive rain in the line-of-

sight path to the Atlas. These clouds could cause

excessive attenuation of the guidance signal. Maxi-

mum tolerable precipitation at the launch site, as

well as minimum ceilings, could further restrict the
launch.
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The SFO System imposed no constraint. The mini-

mum turnaround time between launches of 2 days per-

mitted the SFO System personnel to support both
launches on a continuous basis.

The following DSN communication links had to be

operating satisfactorily prior to launch:

1. A voice line and a TTY line from the SFOF to

the JPL Operations Center at Cape Kennedy.

2. Communications between Cape Kennedy and An-

tigua (or alternate), and communications between

Cape Kennedy and the tracking station(s) provid-

ing the post-second-burn tracking data.

3. TTY line(s) between the SFOF and the mandatory

DSIF station(s).

The determination of tracking- and telemetry-coverage

inadequacies was complicated by numerous operational
considerations:

1. Positioning of range instrumentation ships, sched-

uled to support Mariner launches, so as to opti-

mize the coverage capability throughout the launch
period.

2. Assessment of the coverage capabilities of the range

instrumentation ships for support to satisfy the

Class I metric and telemetry requirements (i.e., the

rss error in the estimate of miss components could

not exceed 29_,50km at I + 5 days).

3. Analysis of station-peculiar coverage constraints

such as horizon masks, antenna constraints, lockup

time requirements, atmospheric refraction.

4. Ascertainment of realistic station coverages. (This

involved continuously reviewing the requirements

placed upon AFETR and monitoring the responses

to these requirements.)

5. Interfacing of the GSFC stations located at Ber-

muda and Carnarvon with AFETR stations in

support of requirements for tracking coverage.

6. Interfacing of AFETR with the DSN.

Included in Fig. 405 are the launch window con-

straints due to inadequate Class I telemetry coverage as

determined by the preliminary launch constraints analy-
sis. The information shown was based on assumed AFETR

range instrumentation ship locations and not on

AFETR-committed tracking and telemetry coverage. It

was also based on the assumption that it would take

10 min for Woomera to lock up on the spacecraft te-

lemetry signal at S-band frequency.

Figure 405 shows no constraints due to a lack of track-

ing coverage. The launch windows on the days in the

vicinity of day 22 and on the days following day 45 were

truncated as a result of the lack of continuous space-

craft telemetry coverage after separation. Day 22 was

completely eliminated by the telemetry coverage con-
straint.

A constraint that resulted from the inability to

realistically deliver and analyze the AFETR tracking

and telemetry data much before 36 hr dictated that at

least one launch window (or one launch day) should

elapse between launch attempts.

As a result of the number of days comprising the

Mariner launch period, it was expeditious to form day

groupings for the purpose of analyzing the tracking-

and telemetry-coverage capabilities of AFETR and of

the DSN. This had little effect on the analysis, since

the ascent trajectories changed very little from one

day to the next. The launch period was divided into

9-day groupings, with a particular day designated for

each grouping to be used for the analysis.

On September 17, 1964, AFETR committed the range

instrumentation ship Twin Falls for tracking and for

launch vehicle and spacecraft telemetry reception sup-

port. The Sword Knot was committed for the reception

of launch vehicle and spacecraft telemetry, and the
Coastal Crusader was committed for launch vehicle te-

lemetry reception. The Twin Falls and the Sword Knot
were located in the Indian Ocean and the Coastal

Crusader was located in the South Atlantic.

The locations of the range instrumentation ships

specified by AFETR, with the appropriate slant range

capabilities for telemetry reception, were included in the

station view period computer program. The output of

that program indicated the ship view capabilities for

every 3 deg of launch azimuth from 90 to 114 deg. The

tracking-coverage capabilities of the Twin Falls was not

programmed, since it was horizon-limited for track-

ing and since there appeared to be more than sufficient

tracking coverage of Class I requirements. The output

from the station view period computer program was sub-

sequently inserted into the plotting program and processed

to produce coverages plotted on Earth maps and on view-

period graphs. In addition to programming ship cover-
ages, the AFETR and DSN land stations were also run
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through the station view period computer program with

a 0-deg elevation constraint. The task then remained to

compare the land- and ship-station coverages with the

coverage requirements to detect inadequacies in the cov-

erage of the Class I requirements. In order to facilitate

that effort, the available and required coverages were

plotted on view-period graphs and Earth maps. A view-

period graph is shown in Fig. 406 and an Earth map is

shown in Fig. 407.

Upon receipt of the committed coverage of the Class I

tracking and telemetry requirements, a comparison was

made of the AFETR eommitments with the coverages

shown in the view-period graphs and Earth track maps

generated at JPL. It was found that there was a dose

agreement, which provided a cross check on the AFETR
commitments.

The final launch window designs are presented in

Fig. 408, which is a photograph of the launch eon-

straints board that was maintained in the JPL Opera-

tions Center at Cape Kennedy.

The available launch windows were kept current by

a continuing analysis of changes to old constraints or

by the creation of new ones and a revision of the launch

windows as required. This process continued up until
launch of the Mariner IlI and Mariner IV.

3. Range Safety Waiver Request

Before the launch of Mariner III, AFETR had per-
mitted launches between launch azimuths of 93 and 111

deg to minimize the hazard to populated areas below

the launch vehicle ascent path. However, because of the

difficulty invoh, ed in accomplishing the Mars mission

for the first time, it was necessary to maximize the

probability of getting two successful launches during

the 1964 launch opportunity, since another launch op-

portunity would not occur again until 1966. One of the

ways to increase the probability of launching two ve-

hicles was to maximize the size of the launch windows,

thus maximizing the launch corridor. A written request

was sent to AFETR Range Safety asking for a launch cor-

ridor from 90 to 114 deg. A waiver was granted that

authorized a launch corridor for Mariner Mars spacecraft
from 90 to 114 deg.

4. Model of Mission-success Probability

A mathematical model was evolved to determine

the probability of obtaining various combinations of the

Mariner Mars 1964 mission objectives. The model as-

sumed that the mission and spacecraft could be divided

into independent, functional blocks whose series and

parallel combination comprised the total mission. Var-

ious parameters, which defined the independent fune-

tional blocks stochastically, were then introduced and

the results were presented as funetions of these parame-

ters. The following assumptions were made:

1. The probability of a launch on any day of the

launch period was established at 0.g.

2. The probability of a successful injection was set
at 0.74.

3. A value of 0.98 was estimated to be the probability

of the spacecraft being operable at injection.

. For the time period during transit, the ratio of fail-

ure rates of components stored aboard the space-

craft to operational failure rates was estimated to
be 0.

, The ratio of probable component failure rates (as

estimated by an analysis firm) to the failure rates
for Mariner II was estimated to be 0.19.

6. The launch delay between the first and second
launches was due to failure in the first launch.

Based on the above assumptions, the following prob-
abilities for mission success were calculated:

. The probability of obtaining at least one set of

3-month eruise data out of two programmed
launches was 0.86.

. The probability of obtaining at least one occulta-

tion, television, or fields and particles success out

of two programmed launches was 0.81.

. The probability of obtaining at least one occulta-

tion, television, or fields and particles success out of

two programmed launches (given that one space-

craft was functioning properly at injection) was
0.80.

. The probability of obtaining at least one occulta-

tion, television, or fields and particles success out of

two programmed launches (given that both space-

craft were functioning properly at injection) was
0.96.

. The probability of obtaining at least one set of

occultation, television, and fields and particles suc-

cesses out of two programmed launches was 0.49.
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LEGEND

(i} LACK OF CONTINUOUS SPACECRAFT TELEMETRY COVERAGE

(2) SUN INTERFERENCE WITH AGENA HORIZON SENSOR

(3} LAUNCH VEHICLE PROPELLANT RESERVES LESS THAN 50. LC 12

(4} LAUNCH VEHICLE PROPELLANT RESERVES LESS THAN :50- LC 12 AND LC 1:5

Fig. 408. Mariner Mars 1964 launch constraints
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5. Tracking and Performance Panel Activities

a. 36-hr data-return plan. Included in the Mariner

Mars 1964 mission objectives was the requirement to

launch two spacecraft during the launch period. The

two launchings were to take place as close as 48 hr apart.

This close scheduling required early engineering eval-

uation of the first launch before fldl commitment of

the second launch. To meet the need for early engineer-

ing evaluation of the first launch, it was necessary to

perform a launch vehicle trajectory and subsystem per-

formance analysis covering the period from liftoff

through Agena retro-maneuver. It was further deter-
mined that, in order to be able to deliver a complete

evaluation of the first launch to the mission director in

time for a second launch 48 hr later, the necessary data

from the AFETR downrange stations had to be delivered

to Cape Kennedy within 36 hr of the first launch.

Since this requirement would not have been satisfied

by the application of the usual data-return capabilities,

a 36-hr data-return plan was devised by the Air Force

by which especially dispatched aircraft were supplied

downrange for the pickup and delivery of the necessary

data. The plan specified that one C-130 aircraft was to

be located at Antigua, two were to be located at Ascension

Island, two at Mauritius, and one C-135 jet transport was

to be located at the Jan Smuts Airport in Johannesburg.

A C-130 was to pick up the data from the Coastal
Crusader in the South Atlantic and deliver them to

Ascension Island; the second C-130 would then fly the
Coastal Crusader data and the Ascension Island data to

Cape Kennedy. Data from the two ships in the Indian

Ocean were to be taken first to Mauritius, then to the

airport in Johannesburg, and subsequently flown to

Cape Kennedy by the C-135.

b. Telemetry reader station. Since the fastest responsi-

ble delivery time of data from Johannesburg and from

the two range ships in the Indian Ocean was about 36

hr, the analysis personnel at the Cape would be hard-

pressed to analyze all the launch vehicle telemetry data

in time for a 48-hr second launch attempt. In considera-
tion of this difficulty, a telemetry reader station was

established at Pretoria. Implementation of the reader sta-

tion required that the data be displayed oll oscillograph-

type recorders for subsequent examination by launch

vehicle engineers, specifically at the Pretoria station, for

analysis of the telemetry data. There was a voice line

available from Pretoria to Cape Kennedy for reporting

the findings of this analysis.

c. AFETR S-band system. An S-band system was in-
stalled on the Twin Falls, the Sword Knot, and the

Coastal Crusader. In addition, S-band systems were in-

stalled at Pretoria and Ascension Island.

These locations of the AFETR S-band systems were

in operation for Mariner III. However, since, for various
reasons, the S-band systems did not meet the mission re-

quirements for the Mariner III flight, the number of

stations capable of receiving S-band telemetry was re-

duced in order to double up equipment at the sites that

did have this capability. As a result, the Pretoria station

and the Sword Knot and Twin Falls ships had two

receivers.

An RF compatibility test was conducted between the

spacecraft transponder and the Cape Kennedy S-band

system at Hangar AO. Two complete RF links were

used in conjunction with the OSE. This test proved the

compatibility of the S-band system with the spacecraft

transponder.

d. Support by GSFC tracking stations at Bermuda and

Carnarvon, Australia. Goddard Space Flight Center was

requested to support the Mariner flights by providing

tracking coverage at Bermuda and Carnarvon during

the near-Earth phase of the mission. Bermuda coverage

was requested because the position of the station enabled

better tracking coverage for the early launch azimuths
than such AFETR stations as Antigua. Carnarvon cover-

age was requested since injection was over the Indian

Ocean, and that station had the advantage of providing

coverage of Class I tracking requirements.

6. Operations Optimization

a. Delay of Agena retro-maneuver. A request was sub-

mitted to LeRC for a delay in the Mariner Mars 1964

Agena retro-maneuver for as long as practical within

the Agena vehicle capability. The request was made in

order to facilitate acquisition and tracking of the space-

craft in a critical phase of its trajectory. During appreci-

able portions of the launch windows, support of the

Class I tracking requirement for 60 see of Agena track-

ing between injection and retro-maneuver was dependent

upon ship support. Because tracking data from land sta-

tions arc of higher quality than data from tracking ships,
it was desirable to obtain as much land-station tracking

as possible. If the Agena retro-maneuver was delayed

until at least 330 sec after separation, then Carnarvon

would have the opportunity to provide at least 60 sec of

post-retro-maneuver tracking data. In addition to provid-

ing land-station-quality tracking data, Carnarvon could
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also be very useful in resolving discrepancies between

other tracking stations, as well as act as a vital backup
to the Woomera DSIF site.

In view of these considerations, LeRC rescheduled the

Agena retro-maneuver from 200 sec after separation to

600 sec after separation. (This determination was based

on the Agena vehicle capability.)

b. Atlas booster steering program. It was determined

that a capability for Atlas booster steering would in-

crease the probability of mission success, although such

a capability could not result in the violation of any of

the flight constraints. The constraints that had to be

considered were the inflight bending moments, guid-

ance, aerodynamic heating, and booster package staging.

The bending moment and guidance constraints limited

steering during earlier times of flight, whereas the stag-

ing and aerodynamic heating constraints dictated steer-

ing as soon as possible.

Based on the above constraints, steering was enabled

about 100 sec after launch, and allowed steering com-

mands from 100 to 110 sec. A preselected steering rate

of 0.28 deg/sec was chosen, with a deadband correspond-

ing to a 1.5 a dispersion of the trajectories from their

prescribed nominal. This steering maneuver was suffi-

cient to correct 3 _ dispersed trajectories to 1.5 a.

c. Auxiliary sustainer engine cutoff. A study to deter-

mine the effect of ASCO was performed by LMSC on

Mariner Mars mission objectives in the event that the
Atlas guidance failed. The results indicated that without

a backup on the start-restart timer, which determined

when Agena second burn would start, the mission ob-
jectives could not be satisfied in most cases with or with-

out ASCO. In fact, for the 3 _ depressed case, an impact

would result with ASCO, whereas without it the lowest

parking orbit altitude obtained would be 62 nm. It was,

therefore, decided to delete ASCO from the mission,

since it did not help achieve the mission flyby objectives

and could cause an impact prior to Agena second burn.

d. Simulated.launch and operationaI-readiness com-

bined test. The simulated-launch and operational-

readiness test was originally planned to be completely
separate tests. The simulated launch involved the full

countdown sequence of events up to L - 18 sec. The

operational-readiness test was to begin after a simulated

launch. However, in the actual launch, the prelaunch and

postlaunch operations would be tied together at various
interfaces, and it was felt that these interfaces should be

simulated as closely as possible. As a result, the two tests
were combined into one.

7. Mission Analysis of Mariner HI

It has been fairly well established that the shroud did

not eject from the Mariner III spacecraft. The nonstan-

dard events that occurred early in the flight and that
confirm this conclusion were as follows:

1. There was no change in the RF signal strength
when the shroud should have been ejected.

2. Agena first burn was about 2 sec too long.

3. During Agena second burn, the oxidizer was de-

pleted 11/., sec before the nominal cutoff.

4. The spacecraft separated from the Agena stage at a

rate determined to be 28 in./sec, instead of at the

designed rate of 32 in./sec.

5. The transfer orbit energy was substantially re-
duced.

The conclusions derived from these nonstandard

events were:

1. The shroud was somewhat opaque to RF signals,

which should have caused the signal to increase

when the shroud was ejected.

2. Because it was still carrying the load of the 300-1b

shroud, the Agena stage was required to consume

more propellant (that is, burn longer) in order to

attain the required parking orbit injection velocity.

3. Since much more propellant was consumed during

Agena first burn than the nominal design called

for, the oxidizer was depleted even before the
nominal cutoff on second burn was reached.

4. The mechanism used for separating the spacecraft

from the Agena stage was a system of compressed

springs. The spacecraft separation rate was slower

than expected, which indicated that there was more

mass associated with the separation than only that
of the spacecraft.

5. Since oxidizer depletion occurred during Agena

second burn, the lower energy orbit was to be

expected.

B. Trajectory Design

1. History and Analysis

The final standard trajectories used for the Mariner

Mars 1964 mission were selected only after several itera-
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tions between available trajectories and possible space-

craft designs. Parametric studies of the relationship

between flight time, launch date, and injection energy

were conducted to reveal acceptable launch intervals and

trajectory characteristics. Upon gathering all physical

limitations and determining the spacecraft subsystem

constraints that were to be placed upon the flight path,

the Mariner trajectories were then selected and com-

puted precisely using a multiple-body computer program.

a. Parametric study of Mars trajectories for the 1964

launch opportunity. Approximately every 25 months, the

injection energy required to effect a ballistic transfer
from Earth to Mars becomes a minimum. To obtain the

largest possible payload weight from the Atlas/Agena

boost vehicle, it was necessary to launch near this pe-

riod in 1964. Results of the trajectory studies are illus-

trated in Fig. 409 and 410. Two sets of closed contours

representing two types of trajectories are presented. Type

o
"o

d
p-
"1-
(.9

J
LL

h
O

tlJ

I"

480

440

400

36C

28C

240

200

160

NOTE: C 3 ISTWICE THE TOTAL ENERGY UNIT

MASS WITH UNITS km_/sec

CLASS T

CLASS 1-I" _

7Z: --

/

/ / /TYPE-

__ ,o J_<;_><__'-_. _ _ IJ . !1 /

/;: /
_ /

=21

18

15

12

I0

9 --

8.84:5

120

15

OCT
25 4 14 24 4 14 ?-4

NOV DEC

LAUNCH DATE

Fig. 409. Time of flight vs launch date

3 13

JAN

564



JPL TECHNICAL REPORT NO. 32-740

370

350

550

310

_) 290

X

E

u 270
z

a

z
0

250
¢.)I
Z

:E
:E
0

250
u_
nr

:E
I

-1-
I--
t_

_J 210

190

170

150

150
15
OCT

NOTE:

J
J ,

/ .#

, /11

/ /

f

25

I
C 5 IS TWICE THE TOTAL ENERGY UNIT

MASS WITH UNITS kmysec

CLASS Z _-," _

CLASS 1or _ _..._

- %

, / //" "_'f;
// / --, . 1.5/ ,' ,o

I///.d-,, '

I
4 14 24 4 14 24 3 13
NOV DEC JAN

LAUNCH DATE

Fig. 410. Earth-Mars communication distance vs launch date

565



JPL TECHNICAL REPORT NO. 32-740

I trajectories are characterized by a heliocentric transfer

angle less than 180 deg from launch to encounter. For

Type II trajectories, the total transfer angle lies between

180 and 860 deg. It is worthwhile to note the following

important properties of these trajectories:

1. Type II trajectories have longer flight times and
communication distances at encounter.

2. For a given injection energy C:_ and launch date,

up to four different trajectories are available.

3. For each of the trajectory types, there was a mini-

mum energy transfer for each launch date, and
absolute minimums occurred on November 19 for

Type I (Te = 228 days, C:_ = 8.972 km-_/sec °-) and

on November 14 for Type II (Te = 884 days,

C:_ = 8.843 km-_/sec2).

4. For a given energy above the absolute minimum,

there is a corresponding launch interval or permis-

sible firing period.

A more detailed description of the parametric study is

given in Ref. 86.

b. Maior mission obiectives and ground rules. Certain

basic mission objectives and ground rules were estab-

lished to serve as a starting point in the trajectory

selection and spacecraft design philosophy. Six of the

major factors that proved decisive in the preliminary tra-

jectory design were:

1. Obtaining scientific data during a close flyby to

the planet Mars and transmitting these data back
to Earth.

2. Using the Atlas/Agena launch vehicle and a 100-nm

circular parking orbit.

8. Two spacecraft lannchings with at least a 2-day

arrival-date separation.

4. Launch from two separate Cape Kennedy launch

pads with a maximum launch azimuth spread from
90 to 114 deg East of true North.

5. Attitude-stabilized spacecraft using the Sun and

Canopus as reference bodies.

6. The maximum allowable Earth-spacecraft com-
munication distance was approximated to be 250
inillion kilometers.

c. Overall traiectory design. The overall trajectory de-

sign involved parameters connected with the acceptance

of Type II transfers, the selection of arrival dates, the

firing period, and the selection of the aiming point and
arrival time.

Acceptance of Type II transfers. To increase the prob-

ability of launching two spacecraft, a launch period com-

posed of both Type I and Type II transfers was selected

to provide a maximum number of launch days. Inspec-

tion of Fig. 409 and 410 reveals that the energy contours

for both Type I and Type II transfers provided over-

lapping flight times and communication distances at en-
counter. In essence, this meant that there was almost a

continuous transition in the trajectory characteristics

when going from Type II to Type I transfers. This

eliminated complications arising from large variations in

angular relationships and distances between the space-
craft and various celestial bodies when switching tra-

jectory types during the launch period.

Selection of arrival dates. After closely observing and

checking all the Type I and Type II transfers, a de-

cision was made to use trajectories with small variations

in arrival date. Since the relative positions of Earth,

Mars, and the Sun were fixed for a given arrival date,

the selection of constant-arrival-date trajectories allowed

the use of a fixed high-gain antenna. These trajectories

also permitted the use of a fixed aiming point because of

the relatively constant spacecraft approach direction and

speeds, which imposed less stringent design requirements

on both the planetary scan subsystem and the science

experiments.

The use of a single arrival date, however, was not

allowable because of the requirement of at least a 2-day

separation between the Mars encounter of each space-
craft. The arrival dates selected were July 17 and 19,

1965 for the Type II trajectories, and July 15 and

17, 1965 for the Type I trajectories. These arrival dates
resulted in transfers that were near minimum energy for

each launch date, and ensured that a maximum firing

period would be available once the spacecraft was built
and once the maximum injection energy attainable by

the Atlas/Agena/spacecraft combination was calculated.

The comnmnieation distances at encounter for these

arrival dates varied from 216.8 to 220.4 million kilome-

ters, with the 250-million-kilometer maximum to be

reached approximately 25 days past encounter. This al-
lowed sufficient time for two complete transmissions of

the television picture data.

Firing period. Since there is a direct relationship be-

tween injection energy achievable from a given booster
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and the weight of a spacecraft, a trade-off between fir-

ing period and spacecraft weight existed. A design goal

of 575 lb for the spacecraft was finally established, which

resulted in a firing period of approximately 27 days.

By decreasing the performance reserves of the launch

vehicle and removing the Agena command destruct sys-

tem and retro-rocket, the launch period could have been

extended to about 86 days. H Figure 411 plots the re-

quired injection energy C3 versus launch date for the

selected arrival dates, and depicts the increasing energy

requirements as the launch period is lengthened.

Subsequent to spacecraft completion and establishment

of the injection energy available for the allotted launch

_lRemoval of the command destruct system and Agena retro-rocket
was to be considered only in the event that it was impossible to
launch both spacecraft during the nominal launch period. Permis-
sion to remove the command destruct system had to be obtained
from NASA and permission to remove the Agena retro-rocket had
to be obtained from AFETR.

14.0

vehicles, a decision was made to schedule the first space-
craft launch on November 4, 1964. It was also decided

that only one spacecraft was to be launched during the

Type II firing period. Therefore, only one arrival date

was required; the date chosen was July 17, 1965. How-

ever, for launch vehicle performance reasons, an arrival

date of July 17 was not acceptable for launch on

November 10, 1964 (Type II). Therefore, July 19 was

selected as the arrival date for that launch day. Since it

was possible for two launches to occur during the

Type I launch period, the two arrival dates previously
mentioned were selected. The launch- and arrival-date

planning is illustrated in Fig. 412.

Aiming-point and arrival-time selection. Along with

the selection of trajectories based upon the major con-

straints already enumerated studies had to be conducted

to determine the region near Mars that would be the

most desirable for flyby. The selection of this region
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(aiming point) was governed by a number of constraints

imposed by the spacecraft design and by planet-science

considerations. The more important constraints were:

1. The Sun-probe--near limb of Mars angle had to be

greater than 0 deg during the entire encounter

phase. This was necessary because the Sun would be

used for a power source and as a reference body for

the attitude control subsystem.

2. No part of Mars or its moons could fall within a

region +26 deg in clock angle and 92 ± 36 deg in

cone angle during the encounter phase. This con-

straint ensured that the Canopus sensor would not

have bodies other than Canopus within its field of

view. An equivalent statement of this constraint is

that the Canopus-probe-near limb of Mars angle

had to be greater than 36 deg during the entire

encounter phase.

3. It was desirable that the spacecraft pass the planet

within 40,000 km of the surface, since the various

fields and particles experiments aboard the space-

craft required a close enough pass to yield maxi-

mum scientific return. Also, the pass had to be close

enough to achieve the desired picture resolution

from the television system.

, The aiming point had to lie between 0 and 90 deg

from the T axis in the T-R plane. This plane,

which is useful in describing the aiming-zone char-

acteristics for a target body, is defined as being

normal to the incoming asymptote of the space-

craft approach hyperbola. Vector T is a unit vector

parallel to the ecliptic plane and R is normal to T.

The first-quadrant constraint on the aiming point

was necessary to ensure that the planet would fall

within the field of view of the planetary scan sub-

system and to provide a picture trace across a desir-

able region of the planet.

. The Earth-probe-near limb of Mars angle had to

be less than 0 deg sometime during the encounter

phase. This would enable the spacecraft to pass
behind Mars as seen from the Earth, so that the

occultation experiment could be performed to de-

termine the characteristics of the Mars atmosphere.

6. The probability of the spacecraft impacting Mars
had to be less than 10 -_.

The aiming point was specified in the T-R plane by
a vector B directed from the center of Mars to the point

at which the incoming asymptote pierced the T-R plane.
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It was usually specified either by its two components

B" T and B" R or by its magnitude B and polar angle 0

measured from T to R. A typical T-R plane plot is shown

in Fig. 418. In this figure, the SPM = 0 deg contour has

the property that any aiming point B lying inside this

contour would result in a planet pass such that the first

constraint would be violated. Similarly, the region la-
beled CPM = 36 deg would result in violation of the

second constraint. In order to satisfy the fifth constraint,

the aiming point had to lie within the region labeled

EPM = 0 deg. The region labeled IMP = 10 -4 had to

be avoided to satisfy the sixth constraint.

After careful consideration of the above constraints,

aiming points were selected to lie on the center line of

the Earth occultation contour with an encounter parame-
ter magnitude B = 12,000 km. Since the center line varied

slightly with trajectory type and arrival date, the aim-

ing point had to change slightly also. The final aiming

points selected in the preflight analysis are listed in
Table 89.

Table 89. Selected aiming 3oints

Trajectory type Arrival date, 1965 6, deg

July 15

July 17

July 17

July 19

6O

70

8O

8O

One further consideration in the preflight trajectory

planning was the selection of the precise arrival time.

This arrival time had to be chosen so that the spacecraft

would be in view of the Goldstone tracking station dur-

ing the encounter sequence. Since the television sequence

was designed to occur before closest approach, the ar-

rival time (defined as the time of closest approach to

Mars) was taken to be 1 hr past the middle of the
Goldstone view period. The nominal times for the var-
ious arrival dates were:

Arrival date, 1965 Arrival time, GMT

July 15 01:48:00

July 17 01:44:00

July 19 01:40:00

2. Mission Targeting

After considering all constraints, final precision tra-

jectories were computed and a final trajectory document

was published updating the preliminary trajectory re-

port. A targeting criteria specification was also prepared

for the boost vehicle contractor for his use in preparing

firing tables. These tables required a detailed simula-

tion of the Atlas/Agena ascent trajectory to determine

the proper guidance and control settings. Also, the

launch and parking orbit coast times were computed to

yield arrival conditions at Mars as specified. The tables

were computed for a 90- to ll4-deg launch azimuth inter-

val. The daily firing window was about 3 hr, with injec-

tion locations confined to a region of about 10.5 deg in

latitude and 69.6 deg in longitude over an area slightly
West of South Africa and extending into the Indian

Ocean. Parking orbit coast times ranged from 19.1 to

34.6 min, depending upon the launch date and launch
azimuth.

3. Mariner IV Biasing

In view of the delayed launching of Mariner IV, re-

moval of the Agena retrorocket was requested. The

weight reduction in the Agena resulting from the re-
moval of the retrorocket allowed an increase in available

injection energy C3 which provided a few extra days of

launch period. Since the retrorocket was required to

achieve a less than 10- 4 probability of the Agena im-
pacting Mars, a decision was made to bias the nominal

aiming point at Mars. This biasing consisted of two

parts:

1. The yaw bias, which could be anticipated before

launch, consisted of an error in the yaw orientation

of the Agena at the start of the second burn. The

error, caused by an ullage control system torque

during the parking orbit, was expected to reach
1 deg.

2. It was found that a reduction in injection velocity

introduced a bias in the aiming point at Mars that

complemented the effect of the built-in yaw bias.

A 8 m/sec injection-velocity decrease was selected

in order to yield a launch aiming point that would

satisfy the 10- 4 constraint. This aiming point re-

sulted from the combined effects of both the injec-
tion velocity and yaw biases.

4. Flight Results

a. Launch phase. The launch of Mariner IV occurred

at an inertial launch azimuth of 90.5 deg East of North.
After liftoff, the booster rolled to an azimuth of 91.4

deg and performed a programmed pitch maneuver until

booster cutoff. During the sustainer and vernier stages,

adjustments in vehicle attitude and engine cutoff times
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were commanded, as required, by the ground guidance

computer to adjust the attitude and velocity at Atlas ver-

nier engine cutoff.

After Atlas/Agena separation, there was a short coast

period before the first ignition of the Agena engine. At

a preset value of sensed velocity increase, the Agena en-

gine was cut off. At that time, the Agena/spacecraft com-

bination was coasting in a nearly circular parking orbit

in a southeasterly direction at an altitude of 188 km and

an inertial speed of 7.80 km/sec.

After a parking-orbit coast time of 82 min, 14 sec, de-

termined by the ground guidance computer and trans-

mitted to the Agena during the Atlas vernier stage, a

second ignition of the Agena occurred. The Agena was

cut off 96 sec later, with the Agena/spacecraft combina-
tion in a nominal Earth-Mars transfer orbit.

The launch-phase ascent-trajectory profile is illustrated

in Fig. 414, and a sequence of events from launch to

acquisition of Canopus is shown in Fig. 415.

b. Premidcourse cruise phase. Injection (second Agena

cutoff) occurred at 15:04:27.7 GMT over the Indian

Ocean at a geocentric latitude of -26.25 deg and a geo-

centric longitude of 68.82 deg. The Agena/spacecraft

combination was at an altitude of 197.2 km traveling at
an inertial speed of 11.448 km/sec. At 1 min, 23 sec after

injection, the Agena/spacecraft entered the Earth's shad-

ow. The Agena separated from the spacecraft 1 min,

18 sec later. At 15:17:84.8 GMT, Mariner IV left the

Earth's shadow after being in the shadow for 11 min,

44 sec. Within an hour after injection, the spacecraft
was receding from Earth in almost a radial direction

with decreasing speed. This reduced the geocentric angu-

lar rate of the spacecraft (in inertial coordinates) until

the angular rate of the Earth's rotation exceeded that of

the spacecraft. This phenomenon is illustrated in Fig.

416. Also shown in this figure is the tracking-station

coverage and the locations of the various spacecraft
events.

Tracking data gathered and analyzed before the

midcourse maneuver indicated that, without a correc-

tion, the spacecraft would pass the upper leading edge of

Mars at a closest approach distance of 252,800 km. Clos-

est approach would have occurred at 01:25:11 GMT on

July 17, 1965. In order to alter the trajectory to pass

through the selected aiming region centered at approxi-

mately 10,000 km from the center of Mars, a midcourse

velocity of 16.70 m/see was required. (The maximum

capability was 87 m/see.)
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In addition to altering the distance of closest ap-

proach, the correction was also selected to change the

arrival time to 01:46:00 GMT on July 15, 1965, thus allow-

ing preset commands to properly activate various subsys-

terns at encounter. The midcourse motor was ignited at

16:09:25 GMT on December 5, 1964, at which time the

spacecraft was at a geocentric distance of 2,022,400 km

moving at an inertial speed of 8.139 km/sec relative to

Earth. Preliminary analysis of tracking data received dur-

ing and after the motor burn indicated that the maneu-

ver was performed properly. Injection and encounter

conditions for the premidcourse orbit used to determine

the midcourse maneuver are given in Table 90.

c. Postmidcourse cruise phase. During the month fol-

lowing the midcourse maneuver, several redeterminations

of the Mariner IV orbit were completed. The encounter

conditions resulting from these computations are illus-

trated on a T-R plane perpendicular to the incoming
asymptote at Mars in Fig. 417. The figure shows the

occultation regions, the aiming point, and the a priori

postmidcourse execution error dispersion ellipse. Also

shown is a contour that encloses the desired aiming

region; all four of the postmidcourse orbits lie well
within this contour.

The postmidcottrse heliocentric trajectory projected on

the ecliptic plane is illustrated in Fig. 418, which in-

dudes the orbits of Earth and Mars. The positions of

the spacecraft and the planets are depicted at 30-day

intervals from launch to encounter. The postmidcourse

trajectory characteristics are given in Table 91. The

close flyby of the planet will result in a heliocentric energy

C_ increase of 33.25 km2/sec 2. Also, since the spacecraft

will pass underneath the planet, the inclination of the

heliocentric trajectory plane will change by 3.1 deg. In

the process of such a plane change, the longitude of the

descending node will be increased by approximately

180 deg. Important trajectory parameters at encounter

are given in Table 92.
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Table 90. Orbit used for determination of the Mariner IV midcourse maneuver

Initial conditions a Heliocentric orbital elements Traiectory characteristics at encounter

Earth-flxed spherical Inertial Cartesian
coordinates coordinates Element Value Characteristic Value

R = 6872.9573 km

= --28.130141 deg

6 = 86.212637 deg

V = 10.775777 km/sec

r = 13.165104 deg

= 90.439744 deg

X = 5668.2509 km

Y = 2146.6407 km

Z = --3240.4334 km

= --1.8839630 km/sec

1_ = 10.978611 km/sec

= 1.2281457 km/sec

Semlmaior axis a, km

Eccentricity e

Inclination i, deg

Longitude of ascending

node _, deg

Argument of perihelion

_, deg

Time of flight T_., days

Perihelion radius rp, km

Aphelion radius to, km

Vis-viva energy C_,

km2/sec 2

191,275,000

0.2289

0.1347

68.724

352.37

528.076

147,486,000

235,064,000

--693.838

Time of flight, days

Time of closest approach

July 17, 1965, GMT

Target parameter mag-

nitude I B J, km

Component of B along T

axis B'T, km

Component of B along R

axis B'R, km

Altitude of closest ap-

proach to Mars, km

Sun-probe distance at

encounter, km

Earth-probe distance at

encounter, km

Hyperbolic approach

speed at Mars, km/sec

230.4628

01:28:15

255,535

--224,582

-- 121,906

249,853

232,241,000

218,318,000

4.3085

aEpoch: November 28, 1964, 15:07:27 GMT.

Table 91. Mariner IV postmidcourse orbit

Heliocentric orbital
elements Pre-encounter Postencounter

Semimajor axis a, km

Eccentricity •

Inclination i, deg

Longitude of ascending

node _, deg

Argument of perihelion

_0, deg

Time of flight T_., days

Perihelion radius rp, km

Aphelion radius r_, km

Vis-vlva energy C_,

km2/sec 2

191,567,000

0.2301

0.1290

68.481

352.71

529.285

147,495,000

235,640,000

--692.781

201,224,000

0.1686

2.9786

226.899

200.17

569.804

167,293,000

235,154,000

--659.536

Table 92. Trajectory characteristics at encounter

Characteristic Value

Time of flight T_., days

Time of closest approach, July 15, 1965, GMT

Target parameter magnitude J B J, km

Component of B along T axis B • T, km

Component of B along R axis B • R, km

Altitude of closest approach to Mars, km

Sun-probe distance at encounter, km

Earth-probe distance at encounter, km

Hyperbolic approach speed at Mars, km/sec

228.4486

01:08:03

14,034

7,068.8

12,123.4

8,613

232,502,000

216,310,000

4.4028
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The trajectory data provided correspond to the fourth

postmidcourse orbit shown in Fig. 417. Plots of the

Earth-probe distance, Sun-probe distance, and Earth

cone (Earth-probe-Sun) angle as functions of time from

launch are presented in Fig. 419 through 421.

C. Guidance Analysis

1. Preflight Analysis and Characteristics of Mariner

Mars Guidance

The control of Mariner Mars target-arrival parameter

components B- T, B. R, and the time of flight Te was im-

portant for several reasons including: control of flyby

distance, look angles, and illumination for science in-

struments; correct timing of automatic encounter se-

quences; and adequate DSIF view periods at encounter.

The task of the launch vehicle was to inject the space-

craft into a trajectory having the required arrival

parameters; however, because of normally occurring

guidance uncertainties, the initial trajectory parameters

were not acceptable. Radio tracking data received after

injection were used to determine the initial trajectory

and to compute a velocity increment that, when added

to the spacecraft velocity vector, would correct the tra-

jectory parameters. This maneuver was called the mid-

course correction maneuver. For Mariner IV, the

addition of the velocity increment was achieved by com-

manding the spacecraft to turn in succession about its
pitch and roll axes until the small onboard rocket motor

was pointed in the proper direction. The motor was

then commanded to burn for a specified length of time.

Normal performance variations in the spacecraft guid-

ance equipment and rocket motor resulted in errors in

the velocity increment, which caused a residual error

in the arrival parameters.

The information in Table 93 and the dotted ellipses

in Fig. 422 describe the dispersion (in the target coordi-

nates M = B-R, B" T, TF) at the aiming point for the

Mars flyby due to random injection errors (Ref. 37).
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300

The midcourse maneuver velocity increment had two

components: one in the critical plane and one in the

noncritical direction (Fig. 423). The velocity gradients

of the two spatial miss components Xl and Xz define

the so-called critical plane, and, since the component V

in the direction N perpendicular to this plane will not
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Table 93. Trajectory characteristics and 1_ dispersions
due to injection errors

Troiectory
type

_de
Launch time Ellipse Ellipse

date Tp semimajor semiminor 3Tr

days axis axis days
km km

November 15, 1964 243 245,014 30,956 2.095

November 10, 1964 250 222,860 30,269 1.848

affect the spatial miss, N defines the noncritical direc-

tion. Figure 423 shows the orientation of a critical

coordinate system (ux, uz, us).

To find the velocity (and thus the fuel) requirements
for the Mariner Mars maneuver, the rms velocity magni-
tude for the full maneuver and the rms magnitude of the

critical maneuver were computed. The proposed 60 m/see

fuel capability for the spacecraft was more than sufficient

to correct 99% of the spatial target deviation ff the critical

plane maneuver were made any time on or after the first

day past injection. For the Type I trajectory, the 60 m/see

midcourse capability would be more than enough to cor-

rect the spatial miss and the time of flight ff it were

executed at any time on or after the first day past injec-
tion. The tentative execution time for the midcourse

maneuver was the fifth day past injection, although it

could be executed any time between the second and

fourteenth days.

u 3

N (NONCRITICAL DIRECTION)

/
CRITICAL PLANE

MANEUVER POINTIN SPACE_ :_/

MANEUVER )_ 3
VELOCITY, V

%

• u 2

Fig. 423. Critical coordinate system

The problem of the velocity capability was also ap-

proached from the opposite standpoint; that is, how

much spatial miss could be corrected with a I m/see

velocity inerement.

The unit sphere containing all velocity vectors of

1 m/sec and less at a midcourse point on the trajectory

maps is converted into an ellipsoid of correctable target
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coordinates whose projection on the R-T plane is the

so-called "capability ellipse." Figure 422 shows the capa-

bility ellipses for a typical Type I trajectory for a ma-

neuver at 5 days after injection. The outer ellipses contain

all the possible misses that could be corrected with a

1 m/see midcourse capability if the maneuver were

made in the critical plane. The set of smaller ellipses

encloses areas in which the miss might be corrected

and the flight time varied by the amount specified with
the 1 m/sec maneuver. For instance, the small ellipse

whose center is at the origin encloses the set of all misses

that might be nulled without changing the uncorrected

time of flight. Superimposed on each figure are the 1

and 3 _ target dispersion ellipses due to injection errors.

Because of tolerances in the components of the space-

craft guidance system, the midcourse maneuver would

have some errors, and, thus, the miss at the target would

not be totally nulled. The specifications for maneuver per-
formance were that the uncertainty in orbit determina-

tion should contribute less than 2250-km-rss miss, and

that a 15 m/sec maneuver execution error should con-

tribute less than 4070-km-rss miss at the target. The rss

of these two values is 4650 km. Time-of-flight errors

were highly correlated with spatial errors, and 4650-km-
rss miss was correlated with an error of 30 min rss in

flight time.

9.. Mideourse Maneuver Operations Program

a. Nature of the program. The maneuver capability ex-

isted in order to allow the trajectory to be altered so

that scientific data might be obtained by measurements

performed near Mars.

The Mariner Mars midcourse maneuver operations

program had two primary purposes:

. To perform calculations that would enable the op-

erations personnel to select the most advantageous

maneuver once the orbit achieved by the spacecraft

was known. The spacecraft could be used to gather

significant scientific information even if it followed

a trajectory very different from the nominal one.

. To code the commands that were to be transmitted

to the spacecraft and that would cause it to perform
the desired maneuver. The midcourse maneuver

would require three 26-bit stored quantitative com-

mands, which would be sent to the spacecraft and
stored until the real-time direct command was sent

that would initiate the sequence.

The computation of the maneuver had to allow for a

variety of practical constraints imposed by the limita-

tions of the spacecraft. The program accordingly con-

tained two types of subprograms. The first subprogram

called for a set of drivers for the trajectory program,

which could be used to explore the different classes of

trajectories available to the spacecraft after a maneuver,

with specialized output relevant to the operational situa-

tion. The second subprogram included decision routines

that also used the trajectory program and that were

used to compute and code the desired maneuvers. These

subprograms were written as separate loops to be com-

patible with the SFOF monitor system.

b. Constraints. There were two types of constraints in-

volved in the midcourse maneuver operations program:

1. Absolute constraints that had to be satisfied for a

physically realizable maneuver (i.e., a velocity that

would not require more fuel than was actually in

the tank).

2. Other constraints that would increase the value of

the mission by their satisfaction but that would not

abort the mission if they were violated. These were:

maintenance of two-way lock through the low-gain

antenna during the entire maneuver sequence; and

performance of the maneuver over a DSIF station

with command capability.

Making the spacecraft pass through the desired aiming
zone at the desired time could have been considered an

additional constraint, although this was the ultimate

purpose of the midcourse operations program. Figure

424 shows the aiming zones best suited for the science

experiments. Table 94 shows the relative values of each

zone.

The arrival time was chosen to satisfy the following
conditions:

1. That the Goldstone station be locked up 31/.2 hr be-

fore narrow-angle acquisition, assuming that it

will take approximately 1 hr after spacecraft rise to

lock it up

2. That the spacecraft enter the occultation region at

least 1 hr prior to the Goldstone set

3. That the Goldstone station also be available, if

possible, when the spacecraft emerges from the oc-

cultation region

Other nonstandard constraints could have been im-

posed. For example, if one spacecraft bay were operating

578



JPL TECHNICAL REPORT NO. 32-740

O
f_ O

O
00

O

579



JPL TECHNICAL REPORT NO. 32-740

Table 94. Aiming zone values

Item

Value of occultation

and TV experiment

Value of fields and

particles experiment

If trajectory passes

through zone

If trajectory does not

pass through zone

>-0.7

>0.25

Make no

maneuver

Make

first

maneuver

Zone

>_0.8

>-0.5

Make no

maneuver

Make first or

second

maneuver

>-0.6

III

Make first

maneuver

Do not make

second

maneuver

Make first or

second

maneuver

hotter than anticipated, the maneuver could be con-

strained so that the angle of sunshine incidence would

not be greater than some specified value on that bay

during the entire maneuver sequence.

Figure 425 shows the constraints that operationally

determined the time at which to make the maneuver.

These were:

1. Canopus acquisition and orbit determination would

require at least two days.

EXCESS MIDCOURSE MANEUVER FUEL REQUIREMENT

CONSTRAINTS THAT PROHIBIT MIDCOURSE MANEUVER.

INDIVIDUAL CONSTRAINTS IDENTIFIED BY TITLES

ON DIVISIONAL LINES

2'6 TRANSFER FROM 33 I/3

Z 24 TO 8 I/3 bps: TWT

i_ :: i Ti!s ..IN'_!iT i

_ : ! _RTHODUET- ECTOR

I 3 5 7 9 II 13 15 17 19 21 23 25 27 29 I :3 5 7 9
NOV DEC

LAUNCH DATE, 1964

Fig. 425. Midcourse maneuver constraints

2. For Type II trajectories, the maneuver would be

made either before or after the band of times

around November 10 that require a large velocity.

3. The maneuver would be made early enough that

the Earth detector could verify Canopus reacquisi-

tion, and that high-bit-rate telemetry transmission

would still be possible.

c. Program operation. There were three types of input

to drive the midcourse maneuver operations program:

1. Results of the orbit determination program

2. Spacecraft parameters that defined the spacecraft

geometry and status

3. Control parameters, such as desired aiming condi-

tions

Figure 426 is a functional block diagram of the

Mariner Mars maneuver operations program. There

are seven independent blocks that were programmed

separately. All of these blocks, with the exception of

numbers 3 and 4, required the use of the space trajectory

program as a subroutine.

AUTOMATIC FLOW

MANUAL FLOW

(i)I
INTRODUCTORY I

PRINTOUT

J (;

(2 6CAPABILITY
MIDCOURSE I ._1 RESIDUAL ELLIPSE

DECISIONI I I MISS GENERATOR

M,OCOORSE%_J
COMMAND _ ....... I_N L

GENERAT,ON _ ........ i r
PROGRAM _ J l /

FLYBY DISPERSION II

  ,  ECT,ON YELUPSE
i
L

(7)

CONTOUR

PLOTTING

Fig. 426. Mariner Mars midcourse maneuver operations

program functional block diagram
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Functional blocks 1, 2, 3, and 5 were required for

both standard operation (i.e., it was possible to put the

spacecraft on a trajectory that would pass near the nomi-

nal aiming point at a satisfactory time) and nonstandard

operation (i.e., it was not possible to put the spacecraft

on a trajectory that would pass near the nominal aiming

point at a satisfactory time). Functional blocks 4, 6, and 7

were designed to assist in making operational decisions

during nonstandard operating conditions. Brief descrip-
tions of each operational block are given below.

Introductory printout. The information required on
the introductory printout described the orbit determina-

tion and gave an initial estimate of the quality of the

orbit obtained. Input quantities from the orbit determi-

nation program were used to obtain an initial estimate

of the miss distance and time-of-flight error that existed

between the best-fit trajectory and the nominal aiming
point.

Midcourse decision program. The purpose of the mid-

course decision program was to calculate the required

velocity increment subject to various constraints. The

constraints that were evaluated were: (1) the propulsion

constraint, (2) the time-of-flight constraint, and (3) the

low-gain antenna constraint. The propulsion and time-
of-flight constraints were defined to be absolute. If it

were not possible to reach the B • R, B • T location requested
without violating an absolute constraint, the midcourse

decision program would then print a simple statement

to that effect and proceed with the mission capability

study. If it were possible to reach the location requested

without violating an absolute constraint, the output of the

midcourse decision program would be fed directly to

the midcourse command generation program. If the low-

gain antenna constraint were violated, some of the telem-

etry data during the midcourse maneuver could be lost.

Figure 427 is a block diagram of the deeision program
logie.

The output from the midcourse decision program fell

into three groups. The first group specified the trajec-

tory conditions (i.e., position, velocity, and time) at

which the midcourse rocket motor would ignite. The

second group was a set of brief statements that would be

printed out if called for by the decision sequence that

formulated the midcourse maneuver. The third group
contained detailed numerical information related to the

test for the antenna constraint.

Midcourse command generation program. The pur-

pose of the command generation program was to convert

the velocity vector correction determined in the mid-

course decision program into three commands expressed

in binary form and adjusted to a form usable by the

CC&S. The pitch and roll turn times were computed by

dividing the required turns by the _rn rates. The burn

time was computed in a subroutine that accepted the

velocity magnitude and pertinent spacecraft telemetry

data as input. This was necessary since the motor would

be turned off by a timed command rather than by an

integrating accelerometer and the commands would be

transmitted via TTY. The midcourse command genera-
tion program also calculated a noise moment matrix of

midcourse execution errors and performed a complete

trajectory error analysis.

Dispersion ellipse program. A set of dispersion ellipses

could be computed from the covariance matrix of errors

in the orbit. The maneuver program mapped the disper-

sions to the target and calculated the dispersion ellipses.

(The ellipses could be plotted to the same scale that was

used in the plots of the general constraints.)

Flyby traiectory fine print program. The purpose of

the flyby trajectory fine print program was to obtain a

special printout on individual trajectories that would

provide the capability to choose a trajectory intelligently

in both standard and nonstandard situations. The print-

out was obtained by running the trajectory program

from the midcourse point past closest approach. Many

additional calculations were required that were not pro-

vided in the trajectory program.

Capability ellipse generator. The capability ellipse gen-

erator provided the maximum capability ellipse in the

R-T plane, assuming that maximum maneuvers would be

applied in the critical plane. If there were insufficient

fuel to null the spatial miss and acceptable flight time,

the minimum residual miss associated with acceptable

flight time would be computed.

Contour plotting program. The purpose of the con-

tour plotting program was to aid in the evaluation of

various spacecraft and trajectory constraints as they per-

tained to various areas of interest in the R-T plane. This

program was primarily an aid in selecting new aiming

points in nonstandard situations. The option to tabulate

the plotted quantities was also available.

3. Flight Results

a. Orbit determination. The premidcourse orbit deter-

mination resulted in the terminal conditions in Table 95,

which gives the desired terminal conditions and those
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Table 95. Terminal conditions

Parameter Premidcourse Desired a Postmidcourse b

B • R, km

B "1, km

Time of closest

approach, GMT

--121,700

--224,503

7/17/65

01:27:09

10,390

600O

7115165

01:48:44

12,303

7411

7/15/65

01:03:45

_See Fig. 424. Zone II for allowable soatial tolerances. Flight-time tolerances
were taken to be from 3 hr earlier to 2 hr later than the time listed as de-

sired.

bFrom orbit determination computer program with ffacking data through

1/23/65.

achieved according to the postmidcourse orbit deter-
mination available.

The required maneuver was computed as a function of
the time in which it was executed. Results of these com-

putations for every day of an entire week showed that all

the constraints could be satisfied and that the magnitude

of the maneuver was slowly decreasing as a function of

time. Figure 428 illustrates this effect.
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Fig. 428. Midcourse maneuver performance

time vs magnitude

\
x

b. Maneuver execution. During the maneuver sequence,

various telemetry outputs were very carefully moni-

tored. The first maneuver attempt on Friday, December 4

was inhibited when the Canopus sensor initiated a roll
search after the command to execute the maneuver was

transmitted. It was noted that the spacecraft was at the

very edge of its roll limit cycle when the command was

sent. It was decided to try and send the DC-27 command

at a time when the spacecraft would be roughly at the

center of its roll limit cycle. On December 5, the ma-

neuver was transmitted 10 min, 35 sec earlier than the

time for which it had actually been computed in order

to have the spacecraft in the center of its roll limit cycle.

The effect of transmitting the maneuver that much

earlier was to move the aiming point approximately

115 km away from the nominal aiming point in the +T
direction.

The commanded pitch, roll, and burn sequence was

not precisely the same as the computed values due to the

necessity of quantizing the commands. Table 96 lists

both computed and commanded quantities, as well as the
estimates of the actual values and the standard devia-
tions of those estimates.

The postmidcourse orbit determination showed that

a second maneuver would not be needed. The estimate

of the actual maneuver was computed by taking the dif-

ference in velocities between the premidcourse and post-
midcourse orbits at the nominal time of motor shutoff.

Table 96. Maneuver parameters

Category

Computed

Commanded

Estimated"

Standard

deviation of

estimate

Estimated

execution

error

A priori

standard

deviation b

Pitch turn

deg

-- 39.23

--39.16

-- 39.47

1.03

-- 0.31

0.69

Roll turn

deg

156.08

156.06

156.71

0.088

+ 0.65

0.69

Velocity magnitude

m/sac

16.705

16.699

17.072

0.059

+ 0.37

0.14

aFrom orbit determination computer program with tracking through 1/23/65.

bFrom execution error analysis.
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The position of the spacecraft during the motor burn

actually changed slightly, but by such a small amount

compared to the uncertainties in position that it could

be ignored.

To estimate the turn magnitudes, the turns required

to point the motor opposite to the estimated velocity

direction were computed. The initial spacecraft coordi-

nates were referenced to the Sun direction (controlling

pitch and yaw) and the Canopus direction (control-

ling roll). From telemetry readouts, the spacecraft went into

the inertial control mode with the positions in the three

limit cycles as listed in Table 97. It was from these initial

conditions that the pitch and roll turns in the "esti-

mated" category in Table 96 were computed.

To obtain the best possible estimate of the actual

midcourse maneuver, it would be necessary to have a con-

sistent pair of premidcourse and postmidcourse orbit de-
terminations. This is due to the fact that the orbit

determination program estimates various other parame-

ters in addition to position and velocity of the spacecraft.

For example, if the premidcourse and postmidcourse orbit

determinations converge to slightly different values of

the estimated mass of the Earth, these two orbits will

be inconsistent. When all the flight data have been col-

lected, the two orbits will be forced into consistency by

using the results of the premidcourse orbit as a priori

information for the postmidcourse orbit, and the results

of the postmidcourse orbit as a priori information for

the premidcourse orbit through several iterations until

the two orbits are consistent. This process, however, rep-

resents a large block of computer time and will not be

attempted until all the tracking data have been collected.

D. Orbit Determination

Part of the FPAC team responsibility is to support

all JPL space flight missions by performing three pri-

mary functions:

1. As quickly as possible after launch, it computes an

accurate estimate of the spacecraft orbit so that, if

necessary, a midcourse maneuver can be computed

and performed.

2. After a maneuver has been performed, it computes

an estimate of the new trajectory into which the

spacecraft has been placed. For the Mariner IV
mission, this estimate will determine whether a sec-

ond maneuver must be performed, and will allow

the remainder of the mission to be controlled in a

Table 97. Three limit cycle positions

Position in limit cycle Range of limit cycle
Direction

deg deg

Pitch

Yaw

Roll

-- 0.29

+0.29

--0.12

± 0.50

± 0.50

±0.25

way that should provide the maximum probable re-

turn from the science experiments. Throughout the

cruise and encounter portions of the flight, the or-

bital estimate will be updated repeatedly as new

tracking data are received.

. Throughout a mission, it provides the tracking sta-

tions with antenna pointing predictions and trans-

mitter frequencies for maintaining radio contact

with the spacecraft.

In addition to these inflight functions, three more func-

tions are of importance to the Mariner Mars project:

. By performing orbit determination accuracy and

capability studies, preflight mission planning con-
tributions are made.

. Through reduction and analysis of tracking data,

the DSIF is aided in advancing the state of the art

in tracking and communications equipment.

. Through careful postflight analysis of tracking

data, contributions are made to the planning of fu-

ture missions and to the scientific community in

general by improving man's knowledge of the values

of physical constants and tracking station locations.

1. Orbit Determination Methods and Tools

a. Tracking data. One of the first requirements of pre-
cise orbit determination is a source of accurate tracking

data. These data can include almost any kind of measure-

ment that in some way describes the position or velocity

of the spacecraft at some point along its trajectory. The

most important measurements made by the tracking sta-

tions arc of angles and of two-way doppler.

Angular measurements of the spacecraft's position

(right ascension and declination) are valuable primarily

during the very early portion of a flight when the orbit

is poorly known and the trajectory geometry is changing
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rapidly. After a few hours of flight, the spacecraft reaches

an asymptote and repeated measurements of the slowly

changing angles are no longer valuable.

Two-way doppler measurements are of more continual

value during flight When a narrow bandwidth radio

signal of known frequency is transmitted to the space-

craft, the motion of the spacecraft with respect to the

transmitting station causes the signal to be received at a

slightly lower frequency (the well known doppler effect).

The signal is retransmitted by the spacecraft and returns

to the station after having received an additional fre-

quency shift on the downward leg of its trip. The re-

ceived signal is compared to the one transmitted to

determine the total doppler shift, which provides a

measure of the radial velocity (range rate) of the space-

craft with respect to the station.

In practice, the magnitude of the doppler shift is not

recorded instantaneously; instead, the cycles of the dopp-

ler tone are continuously counted and periodically read
out. The difference between two successive counter read-

ings is the total phase shift or range change over the

elapsed time between readouts. Dividing this quantity

by the counting time gives a measurement of the average

doppler shift or range rate over that period. The time be-

tween counter readouts is variable; it may be set at from
1 to 60 sec. The allowable time between readouts is de-

termined by how rapidly the spacecraft range rate is

changing. Since counter readout is nondestructive, the

continuous doppler count can often be maintained for

as long as several hours. Thus, in the heliocentric portion

of the flight when the range rate is changing very

slowly, range differences may be formed over periods of

from 10 to 15 min rather than between every readout.

This procedure, known as doppler compression, is used

both to improve data accuracy and to decrease data
reduction time.

The two-way doppler system that has been developed

by the DSIF is probably the most accurate source of

spacecraft tracking data in existence. It uses extremely

precise rubidium frequency standards (stable to about

1 part in 1011 over long and short periods of time), and

can provide low-noise, unbiased tracking data from a space-

craft that is transmitting at a power of 10 w from a
range of over 100 million kilometers. When short count

times (less than 3 min) are used, the major source of

error is the inability of the doppler counter to respond

to phase shifts of less than one-half cycle. The differ-

ence between any two counter readings, therefore, can

be in error by that much. At a count time of 60 sec, this
amounts to an unbiased noise source with a standard

deviation of about 0.02 cm/sec. As the count time is in-

creased, the one-half-cycle error takes on a smaller cycles-

per-second value, and, at count times greater than 600

see, other noise sources with a standard deviation as low
as one-fourth that size become dominant.

b. Computational method. An estimate of the space-

craft's orbit is computed from the tracking data by

means of a weighted least-squares fitting technique.

Briefly, the problem is to compute, by means of a least-

squares fitting technique, a theoretical spacecraft trajec-

tory that best fits the observations of the true trajectory.

Since the free space trajectory must obey a known

deterministic set of equations of motion, the problem

reduces to one of finding a set of trajectory initial con-

ditions. Thus, the independent variables that specify a

spacecraft trajectory, and whose effects can be seen in the

tracking data, consist not only of the initial spacecraft

position and velocity but also include the masses of

the various gravitating bodies, the lunar and planetary

ephemeris scaling factors, and the reflectivity of the

spacecraft (since its trajectory is perturbed by the force

of the impinging sunlight). It is because the effects of

these parameters can be accurately measured by dopp-

ler tracking that the determination of a spacecraft's

orbit can frequently produce values of physical constants
that are far more accurate than those available from

other methods.

Although the direct result of the least-squares fit to

the tracking data is the set of traiectory initial condi-

tions, the parameters that are of most interest are the

target conditions that result from integrating the tra-

jectory forward to its point of closest approach to Mars.

These conditions could consist of the spacecraft's areo-

centric spherical or Cartesian coordinates at the time of

closest approach; however, they are more often expressed

in what is called the B plane system, defined in Fig. 429.

The least-squares orbit computation also produees an

estimate of the orbit accuracy. This is a function of the

way in which the data are weighted and of the a pr/or/

uncertainties that are attached to the physical constants

and station locations. The accuracy estimate appears in

the form of standard deviations on the estimated parame-

ters. These deviations can also be mapped to the target

time to show uncertainties in the B plane, and are ex-

pressed in terms of the semimajor axis, semiminor axis,

and orientation angle of the 1 o dispersion ellipse in the

plane.
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Fig. 429. Definition of B'T, B'R system

c. Data weighting. In classical least-squares fitting, each

data point is given a weight that indicates the assumed

variance on the point. Thus, measurements that are

considered more accurate exert a stronger influence

on the estimate. The variances are presumed to be un-
correlated in time. Errors are assumed to arise from sev-

eral different sources, among which are:

1. Granularity of the doppler counter

2. Drift of the rubidium frequency standard

8. Refraction, stemming from an incorrect model of

the Earth's atmosphere

4. Computations, such as roundoff in the trajectory

integration

During real-time operations, the data variances are

arbitrarily increased to cover the possibility of unpredict-

able errors such as the use of bad data, spurious forces

from attitude control jets, and computer program input

errors. During the Mariner IV flight, two-way doppler is

being given an effective standard deviation of 0.03 m/sec

for a sample rate of 60 sec, even though the observed

noise on the data is nearly two orders of magnitude
smaller.

2. Accuracy Requirements and Preflight Studies

The orbit determination accuracy required for the

Mariner Mars mission was separated into three classes,
which were defined as follows:

1. Class I requirements were those necessary to ensure

the accomplishment of primary mission objectives.

They were mandatory requirements, which, if not
met, would result in a decision not to launch.

. Class II requirements were those necessary to ac-

complish all stated mission objectives. They repre-

sented the desired performance, but their violation

would not constitute grounds for holding the
launch.

8. Class III requirements represented the ultimate in

desired performance.

In order to determine whether the accuracy require-

ments could be met, statistical accuracy studies were

performed using simulated data from selected represen-

tative trajectories.

a. Launch phase requirements and studies. The origi-

nal Mariner Mars orbit determination accuracy require-
ments were:

.

.

.

For Class I, the rss error in the estimate of miss

components could not exceed 5000 km at I + 5 days.

An early orbit had to be determined shortly after

injection.

For Class II, the rss error in the estimate of miss

components could not exceed 5000 km at I + 2

days.

For Class III, the rss error in the estimate of miss

components could not exceed 500 km at I -t- 2 days.

These requirements referred only to the early, pre-

maneuver portion of the flight. It was during this time,

of course, that an accurate orbit was most important,

since it was needed for the computation of the mid-

course maneuver. Because the Mariner Mars spacecraft

are capable of performing two maneuvers, it was also
important that the orbit be redetermined within a reason-
able time after the execution of the first maneuver.

Orbit determination accuracy is primarily a function

of four parameters:

.

.

The trajectory geometry that determines how well

the effects of various orbit parameters can be

measured by the tracking data

The assumed error in the estimates of universal

and spacecraft constants

8. The effective data noise
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4. The amount of available tracking data, and the

tracking pattern (e.g., data taken near launch or

encounter might be more valuable than those re-

corded during cruise)

The first Mariner Mars 1964 orbit accuracy study be-

gan late in 1963. It demonstrated in every case consid-

ered that the semimaior axis of the B plane dispersion

ellipse after 5 days of tracking was less than half that

specified by the Class I requirement. After 2 days of

tracking, only three cases had semimajor axes greater

than half the Class II requirement. The results demon-

strated the value of near-Earth tracking in that, for

nearly every case, the loss of an early Woomera pass had

a more serious effect on the probable orbit accuracy than

did the loss of a full 48 hr of data later in the flight.

During the first half of 1964, consideration was given

to including the occultation experiment among the pri-
mary objectives of the mission. It was felt that in order

to ensure adequate probability of success for this experi-

ment, miss-parameter dispersions had to be limited to

approximately 4650 km. Since the only other significant

source of target error (maneuver execution errors) had a

magnitude of about 4070 km, orbit determination dis-

persions would have to be less than 2250 km at the time

of the maneuver (nominally 5 days after launch). The

accuracy study had shown that this figure could be

attained. Based on this and other considerations, the oc-

cultation experiment was adopted and the orbit determina-

tion accuracy requirements were revised as follows:

. For Class I, the rss error in the estimate of miss

components could not exceed 2250 km at I + 5 days.

An early orbit had to be determined shortly after
injection.

2. For Class II, the rss error in the estimate of miss

components could not exceed 2250 km at I + 2 days.

3. For Class III, the rss error in the estimate of miss

components could not exceed 400 km at I + 5 days.

During the Spring and Summer of 1964, two addi-

tional studies of the premaneuver portion of the flight

were made. In the first, an intensive study of two repre-

sentative trajectories was performed. Its purpose was to

provide a detailed analysis of the relative effects of the

various error sources that corrupt orbit accuracy. Among

the significant results of this study were:

.

.

Orbit uncertainties would be only moderately af-

fected by changes in data weighting.

For an early launch date, the major source of error
would be uncertainties in station locations. For a

later launch date, uncertainty in the solar pressure

force would be the primary error source.

Uncertainties in the Earth's gravitational constant
and in the astronomical unit would contribute a

neglible amount to the orbit uncertainty.

The second study was an attempt to look at probable

orbit determination accuracies for every day in the

launch period. This was done using conic approxima-

tions to the true trajectories; therefore, the results were

probably not accurate to better than 10_. The purpose

of the study was to ascertain whether there were any

portions of the launch period during which orbit de-

termination capability would be significantly poorer

than that demonstrated in the original study. Results of

the study produced the following information: (1) there

was no launch date on which the Class I accuracy require-

ments could not be met; (2) there was a steady increase

in orbit determination capability as later launch dates

were used; and (3) an apparent discontinuity near

November 11 was related to the transition from Type II

to Type I trajectories. The generally unusual behavior of

trajectories launched on November 11 later caused that

date to be eliminated from the launch period.

b. Cruise studies. Several studies of the cruise phase

of the Mars mission were performed to learn (1) how soon

orbit determination errors would be small enough to per-

mit a second maneuver, if it were required; (2) how

knowledge of the miss parameters could improve through

the long heliocentric portion of the flight; and (3) how

accurately physical constants and station locations could

be determined. These studies resulted in a knowledge of

some facts concerning the tracking of the Mariner IV

spacecraft during the heliocentric portion of its flight:

1. Only two-way doppler tracking would be needed;

angular data would be of no value.

Following a maneuver performed from 3 to 10 days

after launch, 3 to 5 days of tracking would reduce

the semimajor axis of the dispersion ellipse to less
than 2000 km.

. Tracking the spacecraft for a few hours once or

twice per week from a single station would result

in the same orbit accuracy as continuous tracking.
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4. After 60 to 90 days of tracking, solar pressure

forces would be well enough known to be a negligi-

ble source of error. After that time, the semimajor

axis would remain relatively constant from 300 to

500 km until shortly before encounter.

5. Tracking through the heliocentric phase could pro-
vide an estimate of the astronomical unit with a

standard deviation of less than 500 km.

c. Encounter studies. Many studies have been made of

the encounter portion of a Mariner Mars flight, some

of which are still underway and will continue until

shortly before Mariner IV encounter. The important re-

sults obtained through midcourse maneuver are summa-
rized below.

With data up to 6 hr before the time of closest ap-

proach to Mars inc/uded in the orbit estimate, the semi-

major axis is not significantly smaller than its cruise

value (300 to 500 kin). Adding data through the time of

closest approach decreases its value to about 25 km.

When 2 more hours of data are added, a value of ap-

proximately 0.5 km results, which is not substantially
improved by any further addition of data.

In order to support the occultation experiment, the

best value of the ground transmitter frequency must be

predicted in real time for rapid acquisition of the space-

craft upon its emergence from behind Mars. It should be

possible to make this real-time prediction with orbit

errors of less than 2 parts in 10". This figure is at least

an order of magnitude smaller than predicted errors
from other sources.

In order to successfully support the occultation ex-

periment, it is necessary that the spacecraft's range rate

near the time of occultation be estimated as accurately

as possible. During postlaunch analysis, it was possible
to limit errors in this estimate to less than 0.001 m/sec.

This figure is more than an order of magnitude smaller
than the predicted effects of the model of the thinnest

Mars atmosphere.

Current estimates of the uncertainty in the mass of

Mars vary from 0.1 to 2%. Reduction of encounter phase

tracking data will reduce this uncertainty to 0.001%, at
the most.

3. Computer Program Development

Extensive postflight reduction of the tracking data
gathered during the Mariner II flight past Venus has

resulted in estimates of the miss parameters for that mis-

sion that are probably in error by no more than 10 km.

Thus, it is possible to compare these final estimates with

the values that were predicted at various times during

the flight, and, thereby, to evaluate the errors in

the real-time orbit computations of Mariner IV.

The Mariner Venus program could estimate only the

initial position and velocity of the spacecraft. It could not

correct errors in the values of physical constants and sta-

tion locations, and did not consider these error sources in

its computation of miss parameter uncertainties. The

Mariner Mars program estimated, and treated as error

sources, the values of 66 different parameters (up to 20

at one time).

The Mariner II trajectory was seriously perturbed by

forces from uncoupled attitude control jets, and the

ground computer program did not include these forces

in its equations of motion. Although the spacecraft for
the Mariner Mars mission were designed to eliminate

such forces, they were included in the equations of mo-

tion of the IBM 7094 computer program, which estimates

their magnitudes.

The two remaining major error sources that are not

accounted for in the Mariner Mars computer program are

computer round-off and errors in the planetary ephem-

erides. A new version of the program, which will use

double precision arithmetic and estimate orbital elements

of the Earth and the target body, will be available for

postflight analyses. (During the flight, these error sources

will be statistically accounted for by means of effective

data weightings.) Other significant limitations arise from

uncertainties in the values of the astronomical unit, the

mass of Mars, and the ephemerides of the Earth and

Mars. Once the necessary program corrections have been

made, careful postflight analysis of the data should pro-

duce major improvements in the knowledge of all of these

quantities. These improvements should leave only such

unpredictable and unusual forces as micrometeorite im-

pacts and attitude control gas leaks normal to the Earth-

spacecraft line of sight as error sources during the cruise

and encounter portions of future planetary flights. Accu-

racy during the near-Earth portion of such flights will

continue to be limited by the accuracy of the ground mea-

surement of spacecraft area and reflectivity properties.

4. Real-time Space Flight Operations

a. Functional description. During the first few hours

of a mission, the primary function of orbit determination
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is the computation of tracking predictions. These pre-

dictions are necessary to enable the DSIF stations to

establish and maintain contact with the spacecraft Be-

cause of their great importance, a highly redundant sys-

tem of checks and recomputations has been established

to minimize the probability of transmitting incorrect pre-
dictions.

Several weeks before a launch, predictions based on

a nominal boost phase are generated for equally spaced

(3 deg) launch azimuths covering every day of the

launch period. These are delivered to the tracking sta-

tions to provide a backup in case of a communications

outage during the launch. Then, when the prelaunch

countdown reaches L - 5 min, predictions based on a

nominal boost phase at the predicted launch time are

generated. In case there is a hold during the last 5 min,

the computation is restarted. This set of predictions is
transmitted to the stations either if the actual launch

azimuth differs significantly from all those included in

the nominal set or if, for some other reason, they ap-
pear to be more accurate.

The first data obtained after launch result from track-

ing the launch vehicle as it coasts in parking orbit. These

data are collected by AFETR stations and are processed

at Cape Kennedy to provide an estimate of the initial

conditions of the parking orbit. A nominal second burn is

assumed, and transfer orbit predictions are generated.

These are transmitted to the SFOF for comparison with

the prelaunch nominal predictions, and from there are

passed on to the DSIF stations at Johannesburg, South

Africa, and Woomera, Australia. In addition, the

initial conditions from the AFETR orbit computation
and the raw data are also transmitted to the SFOF for

checking and recomputation.

Once the second vehicle burn has occurred, the booster

is again tracked by AFETR and the data are processed

at the Cape to provide an estimate of the transfer orbit.

(Although the launch vehicle's orbit differs from the

spacecraft's after separation, the difference remains small

long enough that predictions based on the Agena orbit

can be used to acquire the spacecraft signal.) The pro-

cedure used during the parking orbit is then repeated,
and predictions, initial conditions, and raw data are sent

to the SFOF for checking and recomputation.

Once a DSIF station has acquired the spacecraft sig-
nal, the tracking data are transmitted to the SFOF and

processed to provide a more accurate orbit and a better

set of predictions. Until enough data have accumulated,
combined fits to AFETR and DSIF data can be made.

Once it appears that a reasonably good orbit has been

determined, predictions for the next several hours of

flight are computed and transmitted. The primary task
then becomes the determination of the most accurate

orbit possible for use in the computation of the mid-

course maneuver.

b. Mariner Ill operations. Orbit determination for the

Mariner 111 launch began at L - 5 min with the compu-

tation of nominal tracking predictions. Holds in the

countdown caused the computation to be restarted

twice. Operations then proceded as scheduled through

the parking orbit phase of the flight. The trajectory

initial conditions computed at Cape Kennedy and at the

SFOF and the predictions generated from them ap-

peared to be near nominal.

The first indication that the spacecraft trajectory

might be nonstandard came at L + 45 min. The orbital

elements of the escape trajectory computed at Cape

Kennedy included a value of C3 = 4.08 krn2/sec _, where-
as the nominal value was 10.4 km2/sec 2. However, the

epoch time associated with the trajectory initial condi-

tions was in error by 5 hr, indicating a possible error in

computations. _rhen the elements were retransmitted at

L + 50 min, the epoch time was nominal but the value

of C_ remained nonstandard. An independent reduction

of the data used in the Cape Kennedy orbit computation

was completed at the SFOF at L + 53 min. The results

of the SFOF computations were in good agreement with

Cape Kennedy conditions and indicated C3 = 4.04
km_/sec 2.

Since both the SFOF and Cape Kennedy orbit com-

putations had used only data from the Pretoria station,

the possibility that the data were biased still existed.
Woomera had not been able to maintain a solid lock on

the spacecraft signal, and had not provided enough data

to permit an independent orbit computation based on

DSIF tracking. However, a fit to data gathered by the

Sword Knot tracking ship agreed with the SFOF and

Cape Kennedy results and confirmed the nonstandard

nature of the trajectory.

At L + 176 min, Woomera established two-way lock

with the spacecraft. Twenty minutes later, an orbit

computation using two-way doppler angles was begun
from that station. The initial conditions obtained were

in good agreement with those obtained from the fits to
AFETR data; a Ca value of 4.06 km2/sec 2 was indicated.
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This orbit was used to generate tracking predictions

that were used during the remainder of the flight.

During the remainder of the operations, a number of

orbit computations were made using various combina-

tions of data from AFETR stations at Pretoria,

Carnarvon, and on the tracking ships, and from DSIF

stations at Woomera and Johannesburg. All results were

consistent and indicated that the spacecraft would miss

Mars by about 67 million kilometers, with closest ap-

proach occurring on April 15, 1965. Reduction of data

obtained by tracking the Agena after the nominal time
of the retro-maneuver indicated that the maneuver had

occurred, and verified that the Agena had separated from

the spacecraft. After tracking was terminated, predic-

tions for the next 5 days were generated so that a search

for the spacecraft signal could be maintained.

c. Mariner IV operations. With few exceptions, orbit

determination operations in support of Mariner IV were

entirely nominal and proceeded as scheduled. The major

points of interest can be summarized as follows:

. The reduction of AFETR data and the generation

of tracking predictions proceeded as scheduled from

launch through signal acquisition by Woomera.
All results were near nominal.

2. The first fit to DSIF data indicated a near-standard

trajectory with a correctable miss.

. All subsequent orbit computations were consistent

with the original fit, and by L 4- 16 hr, the com-

puted miss parameters had converged to nearly con-
stant values.

4. The orbit used for the computation of the aborted

December 4 maneuver included data through

L + 4 days and had a semimajor axis of approxi-

mately 1100 km.

5. The orbit used for the computation of the Decem-

ber 5 maneuver included data through L 4- 6 days

and had a semimajor axis of lOSO kin.

Throughout the premaneuver portion of the flight, the

quality of the tracking data was excellent. Two-way

coverage was nearly continuous, and, with the exception

of isolated points, no bad data were detected. No in-
consistencies between the three DSIF stations being used

were discovered.

Of the few anomalous events that occurred, three are

described here. First, uncertainties in target miss pa-

rameters could not be computed between L 4- 8 days and

L + 6 days 1)ecause of a computer program error. The
error was isolated and corrected before the computation

of the final premaneuver orbit. Second, the estimate of
forces due to solar radiation pressure was consistently

higher than the preflight estimate. It was discovered

later that this anomaly was caused by incorrect posi-

tioning of the solar vanes during solar panel deploy-
ment. Since the error was not discovered until after the

maneuver had been performed, an error of approxi-

mately 1000 km was introduced in the postmaneuver
miss distance. Third, reduction of Agena data indicated

a premaneuver miss distance about 150,000 km greater

than that obtained from fits to spacecraft data. This

problem has not been entirely resolved, but the differ-

ence can probably be attributed to the velocity incre-

ment produced by the spring separation of the spacecraft

from the Agena.
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XXV. TRACKING AND DATA ACQUISITION SYSTEM

The technical activities of the DSN, AFETR, and

GSFC in support of the Mariner Mars 1964 mission are

described in this Section. The tracking and telemetry

coverage discussed are concerned with only the prelaunch

activities and flight operations up to and including the
midcourse maneuver.

Tracking and telemetry coverage for the Mariner Mars

1964 mission is provided by the DSN and by AFETR.

In addition to this primary coverage, GSFC provided

backup coverage for Agena-booster tracking and telem-

etry requirements.

The AFETR tracking and telemetry facilities were used

to provide coverage during the Atlas and Agena flight

portions of the mission. The three basic pre-injection
requirements for near-real-time data were DSIF initial

acquisition predictions, orbital elements of the parking

orbit, and the initial estimate of spacecraft injection con-

ditions. The five areas of the AFETR support plan are:

(1) metric data from launch to 5000 ft, (2) engineering

sequential data, (3) telemetry data, (4) communications

support, and (5) data processing support.

The AFETR station names and number designations,
the GSFC support facilities, and the DSIF stations in the

Mariner Mars mission are given in Table 98.

Backup C-band radar tracking coverage was provided
by GSFC at the Bermuda and Carnarvon stations of

the Manned Space Flight Network. Bermuda covered the

early Agena period of flight and Carnarvon provided

support during the post-Agena retro period. The Space

Tracking and Data Acquisition Network station at

Tananarive provided FM/FM telemetry coverage of the

Agena. Bermuda recorded telemetry data on the Atlas

link (229.9 Mc) and the Agena link (244.3 Mc). Carnarvon

recorded telemetry data on the 244.3-Mc Agena link only.

The DSN consists of the DSIF stations, interstation

communications, and the mission-independent portions of
the SFOF. The DSIF support function consisted of ob-

taining angular position, doppler, and telemetry data

from the spacecraft during the postinjection phase of the

mission. The three primary DSIF stations committed to

the mission were Pioneer, Goldstone, California

(DSIF-11), Woomera, Australia (DSIF-41), and Johannes-

burg, South Africa (DSIF-51).

Table 98. T&DA support facilities: Mariner Mars 1964

near-Earth trajectory phase

Facility Number

Air Force Eastern Test Range

Patrick Air Force Base, Florida

Cape Kennedy, Florida

Grand Bahama Island, Bahama Is.

San Salvador, Bahama Is.

Grand Turk, British West Indies

Ascension Island

Pretoria, South Africa

Merritt Island

Antigua, British West Indies

Melbourne Beach, Florida

Vero Beach, Florida

Williams Point, Florida

Cocoa Beach, Florida

Range instrumentation ships

Twin Falls

Sword Knot

Coastal Crusader

0.18

1

1.16

3

3.16

5.16

7.18

12

12.16

13

19.18

91

91.18

None

None

1.2

None

1886

1852

1851

NASA/GSFC Manned Space Flight Network

Bermuda None

Carnarvon, Wales None

NASA/GSFC Satellite Tracking and Data Acquisition Network

Tananarive, Malagasy Republic None

NASA/JPL Deep Space Network

Deep Space Instrumentation Facility

Goldstone Pioneer, Goldstone, California

Woomera, Australia

Johannesburg, South Africa

DSIF-11

DSIF-41

DSIF-51

A. Tracking and Data Acquisition Requirements

The T&DA requirements were divided into two cate-

gories: (1) tracking and telemetry coverage requirements

placed upon AFETR, GSFC, and JPL/DSN; and (2) the

technical data and support required by the tracking and

telemetry facilities. These requirements were originated

by both LeRC and JPL for the purpose of obtaining

flight system performance data, look-angle calculation
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data, and launch vehicle post-retro-maneuver orbit de-

termination data. The look-angle calculation data were

used as an acquisition aid by the tracking stations. Re-

quirements based on range safety considerations were

originated by AFETR.

1. Development and Classification of Requirements

The tracking coverage requirements were developed

in the following manner:

1. The mission requirements stated that the spacecraft

must pass Mars at the desired aiming point, at the

desired time, within a certain accuracy tolerance.

2. A midcourse maneuver was to be used, if neces-

sary, to correct trajectory errors at injection.

3. Therefore, a requirement for orbit determination

accuracy prior to the midcourse maneuver was

imposed so that the maneuver could meet the mis-

sion accuracy requirements at encounter.

4. The tracking coverage, data interval, and data ac-

curacy requirements were then placed on AFETR

and the DSN in support of the orbit determination

accuracy requirements.

The telemetry coverage requirements for the Mariner

Mars 1964 mission were developed in much the same
manner.

2. Launch Vehicle Tracking Requirements Placed on
AFETR

The requirement was placed on AFETR to provide

tracking coverage of the launch vehicle that would

satisfy four specific needs; i.e., range safety, launch ve-

hicle performance evaluation (Table 99), AFETR

look angle calculations, and launch vehicle post-retro-

maneuver orbit determination (Table 100).

3. Agena Booster Tracking Requirements Placed on
GSFC

The Tracking and Data Systems Directorate of the

Goddard Space Flight Center was given the responsibil-

ity of providing backup C-band radar support at the

Bermuda and Carnarvon stations during the tracking
and data acquisition of the Agena. The radar and telem-

etry facilities of the MSFN stations at Bermuda and

Carnarvon were designated as the support stations for

the mission. The Tananarive station, which is operated

by the Space Tracking and Data Acquisition Network,

provided FM/FM telemetry coverage of the Agena.

4. Mission Requirements for Tracking Placed on
AFETR

The mission requirements for tracking coverage re-
suited from the need to calculate DSIF look angles as

an acquisition aid and the need for raw data to con-

tribute to the accuracy and reliability of the spacecraft

orbit determination process. The C-band beacon was to

be tracked by AFETR in the Agena stage. (There was no

requirement for AFETR tracking of the spacecraft.) Un-

til separation, the orbits of spacecraft and Agena D

would be the same. At separation, a relative velocity of

about 2 ft/sec would be imparted to the spacecraft by

the separation system springs; this, however, would

not alter the total momentum. Since this separation ve-

locity was small, AFETR tracking of the Agena D

stage both before and after separation would be very

valuable in determining the spacecraft orbit and in

checking other tracking systems. Even after the retro-

maneuver of the Agena D stage (several minutes after

separation), tracking information would be helpful

during the flight.

The processing of AFETR raw data after injection
into the transfer orbit was involved with, and condi-

tional upon, the telemetry identification of certain events.

The relative weighting of the different AFETR data

types (e.g., range and angles with respect to DSIF

data) was a task requiring more information than what
was available to AFETR; hence, it was important that

the raw data be supplied. Requirements placed by JPL

stated that the Agena D orbit be determined by AFETR
and that raw tracking data be furnished to JPL during

launch. Raw data are defined as azimuth, elevation, and

range points that have not been altered by smoothing

or weighting. One exception to this definition was ex-

hibited by the desirability of correcting the tracking

ships' raw data for the motion of the ships. However,

the tracking ships' range data are valuable even if the

motion factor of the ships has not been eliminated
from the data.

5. Mission Requirements for Tracking Placed on the
DSN

Requirements were placed on the DSN for the DSIF

to track the spacecraft enabling it, in turn, to supply

the raw tracking data for the determination of space-

craft orbits. These spacecraft orbits were necessary for

generating prediction messages and for calculating the

required midcourse maneuver.
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Table 99. Launch vehicle tracking coverage required of AFETR (LeRC requirements)

O.r.--d I '--° IC""'blc'""Ic'"'"I
Metric launch data

Position x, y, z 0 to 2000 ft -----2 ft ± _ ft None

Velocity V,, V_, V=, Vr

Acceleration A,, A_, A_, A_

Position x, y, z

Velocity V_, Vy, V=, Vr

Acceleration A_, A_, A_, Ar

Position x, y, z

Velocity V., VT, V,, V,

Acceleration A,, Ay, A,, Ar

Position x, y, z

Velocity V., Vy, V:, Vr

Acceleration Az, Ay, A,, Ar

Radar polar coordinate data,

corrected azimuth, elevation

and slant range

Position and velocity data

0 to 2000 ft

0 to 2000 ft

2000 to 5000 ft

5000 to 100,000 ft

50001o 100,000 ft

5000 to 100,000 ft

100,000 ft through

VECO -t-1 sac to

Atlas/Agena

separation

1
Launch to Atlas/Agena

separation

L +20 sec until At/as

VECO +50 sac

± 2 ft/sec

± 1 ft/sec _

±10ft

- 5 fl/sec

± 2 ft/sec'

±10ft

± 10 ft/sec

± 10 ft/sec:

±500fl

± 10 ft/sec

± 10 ft/soc=

±500 ft

±½ft

± _ ft/sec=

±lft

± ½ ft/sec

± ½ ft/sec'

±2ft

± 5 ft/sec

± 5 ft/sec=

---250 ft

±5 ft/sec

-- 5 ft/sec=

± 250 ft

Best

available

Required for overall evaluation of stage performance

or gross malfunction analysis. Also required for

analysis of vehicle roll and pitch performance.

Optical position data reference to bottom horizontal

Agena paint pattern line.

Continuous tracking required.

10/see required; 5/sec acceptable from theodolites, e

Evaluation of Atlas and Agena guidance and control

system performance. Continuous tracking required.

Joint GD/C-LMSC requirement.

Joint GD/C-LMSC requirement.

Joint GD/C-LMSC requirement.

LMSC requirement.

GE requirement.

Metric midcourse data

Position x, y, z ± 10,000 ft ± I000 ft ± 200 ft

Velocity V_, Ve, V._, V_

Radar polar coordinate data,

corrected azimuth, elevation,

and slant range

Atlas/Agena separation

through first burn

cutoff +60 sac

± 200 ft/sec

± 10,000 ft

± 20 t/sac

± 1000 ft

--- 2 ft/sec

±200 ft

H ± 10,000 ft ± 1000 ft _200 ft

Metric orbital and space data

Position x, y, z Agena second-burn ± 10,000 ft ___1000 ft

ignition -- 10 sec to

second-burn cutoff

_10 points/sec.

bClass I, II, and III requirements are discussed in Section XXIV.

('Events are used to determine intervals as they vary with the mission (LMSC requirements).

To determine parking orbit injection conditions and

to enable trajectory analysis.

LMSC requirements.

Agena restart and powered flight, to determine

injection conditions and vehicle performance.
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Table 99. (Cant'd)

Data required a

Velocity V,, Vy, V.-, V_

Radar polar coordinate data,

corrected azimuth, elevation,

and slant range

H

Position x, y, z

Velocity Vx, Vu, V:, V,.

Radar polar coordinate data,

corrected azimuth, elevation,

and slant range

Interval

Agena second-burn

ignition -- 10 sec to

second-burn cutoff

Class Ib Class II Class III

Metric orbital and space data

± 10,000 ft

± 10,000 ft

± 200 ft/sec

± 10,000 ft

_r

Agena second-burn

cutoff to retro-

maneuver

It is mandatory that any

60 sec of continuous

tracking data be

obtained during this

interval

± 200 ft/sec

± I0,000 ft

± 1000 ft

± 1000 ft

± 20 ft/sec

± 1000 ft

± 1000 ft± 10.000 ft

Purpose and remarks

± 20 ft/sec

± 1000 ft

± 200 ft

± 200 ft

± 2 ft/sec

± 200 ft

± 200 ft

LMSC requirements.

Final stage vehicle mission trajectory, to determine

injection conditions and vehicle performance.

Track of the second stage for as long as possible after

retro-maneuver (not to exceed 3 hr after injection)

was desirable to support secondary test objectives.

This requirement for post-retro-maneuver was

allowed to constrain the possible firing window

that might otherwise have been available.

Table 100. Launch vehicle tracking coverage required of

AFETR (JPL requirements)

Data

required"

Range, m

Azimuth

elevation, deg

Amount of data required

data point/min

Class I Class II Class III

2 10 10

2 10 10

Accuracy of data required

Class I Class II Class III

1000 10 1

0.5 0.02 0.005

NOTE: Requirements for raw data delivery to JPL/AFETR were: no later than

L +1 hr for Class I data; and near-real time (within 2 min of the

event) for Class II data.

'_These data were required for each of the following events:

1. First Agena D burnout to first Agena D burnout +60 sec (Class I)

2. First Agenc_ D cutoff to first Agena D cutoff +180 sec (Class II)

3. First Ageno D cutoff to second Agena D ignition (Class III)

4. Any continuous 60 sec between injection and Agena D retro (Class t)

5. Injection to injection +2 hr (Class II)

6. Iniection to loss of track (Class III)

First, an early orbit of the spacecraft had to be deter-

mined to allow calculation of look angles for subsequent

tracking. In general, the DSIF initial acquisitions were

performed with the aid of (1) preflight prediction data

Table 101. JPL requirements for Mariner Mars 1964

spacecraft tracking coverage by the DSN

Class Orbit determination accuracy requirements

I

III

At injection +5 days, the rms error in the estimate of miss

components could not exceed 2250 km. An early orbit

had to be determined shortly after injection.

At injection +2 days, the rms error in the estimate of miss

components could not exceed 2250 km.

At injection +5 days, the rms error in the estimate of miss

components could not exceed 400 km.

graphs or tabulations, and (2) inflight prediction messages
based on the actual orbit as determined by AFETR. Sub-

sequent acquisitions were made with prediction mes-

sages based on orbits calculated to satisfy the need for

a final premidcourse maneuver orbit (Table 101).

Second, a final premidcourse maneuver orbit of the

spacecraft had to be determined with sufficient accuracy

to permit a midcourse maneuver to be made within the

accuracy requirements.

Under normal conditions, the mission objectives could

be realized with a single maneuver; however, a backup
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maneuver was provided in case any of the errors listed
above were excessive.

Raw tracking data in the form of two- and three-way

doppler and antenna pointing angles would be pro-

vided by the DSIF for orbit determination. These data

would contain noise resulting from correlations in the

data, variations in refraction correction, oscillator drift,

cycle-count drops and transmitter variations, to name

a few causes. Therefore, it was necessary to specify

the amount of noise that could be expected, so that the

a priori orbit determination capability could be pre-

dicted as the launch azimuth and launch days were
varied.

The estimates of the data noise expected are given in
Table 102. These data were used to establish the data

weightings that determined the orbit determination accu-

racy capability.

6. Telemetry Coverage Requirements

Requirements for coverage of the spacecraft telemetry
through the spacecraft S-band or Agena D links were

placed on AFETR and on the DSN. A requirement for

backup telemetry support was placed on GSFC. The re-

quirements placed on AFETR for coverage of the launch
vehicle telemetry are described below.

a. Requirements placed on AFETR. An evaluation

made by LeRC of the Atlas D/Agena D performance re-

Table 102. DSIF tracking data accuracy

System noise

Expected noise

for S-band

system

Expected noise

for L- to S-band

conversion system !

Two- Time

way Angles synchronization

dappler (io) _ (1 day after data
(1o") a deg are taken)

cps sac

0.01 0.02

0.01 0.02

0.001

0.002

(Longer than

S-band because

L- to S-band sta-

tions are

overseas)

Absolute

transmitter

frequency

stability
over l-rain

interval

1 X 10 -n

3 X I0-"

NOTE: High-frequency noise is 1 sample/min; two-way doppler data counted
over 1 min.

al o is o figure of accuracy.

suited in a requirement that the launch vehicle's telem-

etry systems be tracked during certain phases of the

flight. In addition, AFETR range safety required launch

vehicle telemetry data during the boost phase. The re-

quirements are given in Table 108.

The spacecraft telemetry could be received by a station

equipped for S-band and also a station designed to re-

ceive Agena D telemetry. The spacecraft transmitter

would be continuously radiating from liftoff, and the

telemetry signal would modulate the 98-kc subcarrier of

the Agena D telemetry system. Both links would be

exploited by AFETR to satisfy the spacecraft telemetry

coverage summarized in Table 104.

Table 103. AFETR launch vehicle telemetry coverage

(LeRC requirements)

Class

I

Requirements

During prelaunch calibrations on internal and external

power.

From L --2 rain to Agena D first cutoff +25 sec.

From Agena D second ignition --18 sec to Agena D

second cutoff +20 sac.

From Agena D/spacecraft _eparation --10 sec to

continuous DSIF view +2 min.

During prelaunch calibrations on internal and

external power.

Continuous coverage from L -2 min to Agena D rocket

ignition +1 rain.

Same as for Class II.Ill

Table 104. AFETR spacecraft telemetry coverage

(JPL requirements)

Class Requirements

!

II

III

During prelaunch calibrations.

From launch to Agena D first cutoff +2S seC.

From Agena D second ignition --8 sac to Agena D

second cutoff -t-20 sac.

From Agena D/spacecraft separation --10 sac to

continuous DSIF view +2 rain.

From launch to continuous DSlF view +t-10 rain.

Same as Class II.

NOTES: Continuous DSIF view begins on oil launch days fur most launch azl-

muths at Johannesburg first-rise (0-deg elevation angle).

Continuous DSIF view always begins no later than Woomera first-

pass rise (0-deg elevation angle).

Continuous DSIF view always begins between injection and injection

-f- 15 rain, depending on launch day and launch azimuth.

The spucecraft telemetry data were transmitted via the Agena D llnk

and the spacecraft link before Ageno/spacecroft separation. Coverage

of either link before separation in support of spacecraft telemetry

coverage requirements was satisfactory.
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The requirements for data return for analyses were
that data from the first launch (Mariner Ill) be returned

and evaluated in 36 hr to support the second launch

(Mariner IV) as soon as 48 hr after the first launch.

b. Requirements placed on GSFC. Telemetry coverage

requirements placed on GSFC consisted of:

1. Telemetry data gathered at the participating sta-

tions for the life of the Agena telemetry transmitter

via one telemetry link

2. Certain real-time readouts

3. Magnetic tape recordings, direct-write recordings,

and telemetry operator's logs

4. Oscillograph recordings at Carnarvon.

c. Requirements placed on the DSN. The DSN was re-

quired to obtain spacecraft telemetry coverage begin-

ning at Woomera rise + 2 min. Requirements were also

placed on DSIF-51 to cover portions of the flight be-

tween launch and Woomera rise. The DSN capabilities

during this early period would be used when possible,

in harmony with the AFETR facilities. The maiority of

support during this early phase would be provided by

AFETR. Data would be delivered to the SFOF by TTY
for analysis.

B. Support and Facilities

1. AFETR Support

Following launch of each spacecraft, extensive use

was made of the tracking and telemetry facilities at

AFETR (Fig. 430) in support of the mission. Two basic

requirements for AFETR near-real-time data that existed

during the pre-injection phase of the mission were:

1. Initial acquisition data for the DSIF

2. An initial estimate of the spacecraft injection con-
ditions

In general, the AFETR T&DA support plan consisted

of the areas discussed in the following paragraphs.

a. Metric data. From launch to 5000-ft altitude, met-

ric data were obtained by Cape Kennedy strip film

camera sites. Primary coverage from about 5000 ft to

BECO was provided by C-band radar at Cape Kennedy,
Patrick Air Force Base, and Grand Bahama Island. Addi-

tional metric coverage was provided from the cinetheodo-

lite system at the Cape, which operated at 5 samples/sec.

This system was committed on a visibility-permitting
basis from about 1000- to 90,000-ft altitude. Midcourse

metric data from BECO through Agena first-buru cutoff

were provided by radar at Cape Kennedy, Grand

Bahama, San Salvador, Grand Turk, Bermuda, and

Antigua. Agena second-burn coverage was provided by

Pretoria radar and by range instrumentation ships. The

tracking ships RIS 1886, Twin Fails (Uniform); RIS 1851,

Coastal Crusader (Whiskey); and RIS 1852, Sword Knot

(Yankee) supported that portion of the mission.

b. Engineering sequential data. Launch engineering se-

quential coverage was provided by 16-, 35-, and 70-mm

fixed cameras at Cape Kennedy, Williams Point, Cocoa
Beach, Patrick Air Force Base, Melbourne, and Vero

Beach. All image-to-frame ratios were generally as re-

quested by the project requirements.

c. Telemetry data. Telemetry coverage to radio hori-

zon was provided by the receiving and recording stations

at Cape Kennedy, Grand Bahama, San Salvador, Antigua,
Ascension Island, Pretoria, and the three range instru-

mentation ships.

d. Support instrumentation. Most of the communica-

tions support instrumentation provided for the mission

was at Cape Kennedy. All Florida mainland instrumenta-

tion sites were linked by TTY and voice lines. A sub-

cable through Antigua connected downrange stations

with Cape Kennedy. Existing VHF and HF radio links

tied the ships and aircraft to land stations. Connection

with the radar sites at Johannesburg and Ascension Is-
land were made via TTY and voice circuits. Metric, engi-

neering sequential, and telemetry data were all recorded

against coded time. All major AFETR stations support-

ing the program used standard 17-digit modified binary

codes. Time correlation between Cape Kennedy, Antigua,
and Ascension was ±5 msec. Instrumentation summary

charts are presented in Table 105.

e. Data processing. Data recorded on film, strip charts,

and tapes were reduced and processed at Patrick Air

Force Base. Telemetry data were duplicated and pro-

cessed at Cape Kennedy.

2. GSFC Support

a. Station coverage. Backup C-band radar tracking

and data acquisition coverage were provided by GFSC
at the Bermuda and Carnarvon stations of the MSFN.

Bermuda covered the early Agena flight and Carnarvon

provided support during the post-Agena retro period.

The STADAN station at Tananarive provided FM/FM

telemetry coverage of the Agena. Bermuda recorded
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(a) LAUNCH

PHASE

(b) ORBIT
SUPPORT

ADDAC ANALOG DATA DISTRIBUTION FC FALLS CAPE

AND COMPUTER SYSTEM
GMCF GUIDED MISSILE CONTROL

CADOAC CENTRAL ANALOG DATA DISTRIBUTION FACILITY, CAPE KENNEDY
AND COMPUTER CENTER

IGOR ITERCEPT GROUND
CB COCOA BEACH OPTICAL RECORDER

STA BERMUDA l I CARNARVON I
1 91.18 J FPS-I6 FPS-16

COMPUTER FACILITY - CONTROL CENTER

+++++ +
l CAPE COMMUNICATIONS CENTER

+ + + +
COMPUTER STA COMPUTER STA

STA 12 12.I6 STA 13 13.16

Q HIGH-DENSITY DATA

Q TYPE 2 MESSAGE TELETYPE

RAW RADAR DATA TELETYPE

_) SEMI-RAW RADAR DATA TELETYPE

COMPUTED LOOK ANGLES AND ORBITAL PARAMETERS-TELETYPE

VECTOR AND d MATRIX TELETYPE

Q PITCH, ROLL AND HEADING DATA TELETYPE

MB MELBOURNE BEACH

PAFB PATRICK AIR FORCE BASE

ROTI RECORDING OPTICAL

TRACKING INSTRUMENT

VB VERO BEACH

B cruPI
I TWINFALLSI
L RADARJ

TWIN FALLS [

T BACKUP

I

I SHIP ATTITUDEDATA SOURCE

Fig. 430. Tracking facilities supporting Mariner Mars 1964 at Cape Kennedy
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Table 105.

Location

Cape Kennedy

Merritt Island Launch Area

Williams Point

Cocoa Beach

Patrick Air Force Base

Melbourne

Vero Beach

Grand Bahama Island

San Salvador

Grand Turk Island

Antigua

AFETR instrumentation summary for Mariner Mars 1964

Instrumentation Use

Cinetheodolltes

C-band radar

Fixed-camera system (strip film camera and RC-5)

LC cameras (16, 35, and 70 mm)

Telemetry

Pulse amplitude modulation/FM/FM (VHF) 2 links

FM/PM (S-band) 1 link

Command destruct

Wire sky screen

TV sky screen

Telemetry electronic sky screen

L-band radar (AN/FPS-8)

High-resolution radar tracker (X-band radar)

IBM 7094 computer

Intercept ground optical recorder (35- and 70-mm

cameras)

Intercept ground optical recorder (35- and 70-mm

cameras)

Cinetheodolite

Recording optical tracking instrument (70-mm cameras)

Cinetheodolites

C-band radar (AN/FPQ-6)

Intercept ground optical recorder (35- and 70-mm

cameras)

Recording optical tracking instrument (70-ram cameras)

Recording optical tracking instrument (70-mm cameras)

C-band radar

Telemetry

Pulse amplitude modulatlon/FM/FM (VHF) 2 links

Command destruct

C-band radar (AN/FPS-16)

Command destruct

Command destruct

C-band radar (AN/TPQ-18)

C-band radar (AN/FPQ-6)

Telemetry

Pulse amplitude modulation/FM/FM (VHF)
2 links

Command destruct

Metric data

Metric data, range safety

Metric data

Engineering sequential data

Internal data

Range safety

Range safety

Range safety

Range safety

Range safety

Range safety

Range safety

Engineering sequential data

Engineering sequential data

Metric data

Engineering sequential data

Metric data

Metric data, range safety

Engineering sequential data

Engineering sequential data

Engineering sequential data

Metric data

Internal data

Range safety

Metric data

Range safety

Range safety

Metric data

Metric data, range safety

Internal data

Range safety
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Table 105. (Cont'd)

Location Instrumentation Use

Ascension Island C-band radar (AN/FPS-16)

Bermuda

Pretoria

RIS Twin Falls (T-AGM-11)

RIS Sword Knot (T-AGM-13)

RIS Coastal Crusader

Aircraft

Telemetry

FM/FM (VHF) 1 link

FM/PM (S-band) 1 link

C-band radar

C-band radar (AN/MPS-25)

Telemetry

FM/FM (VHF) 1 link

FM/PM (S-band) I llnk

C-band radar

Telemetry

FM/FM (VHF) 1 link

FM/PM (S-band) 1 link

Telemetry

FM/PM (S-band) 1 llnk

FM/FM (VHF) 1 link

Range user equipment

None

Metric data

Internal data

Contingent on commiffment by NASA

Metric data

Internal data

Metric data

Internal data

Internal data

GE guidance system calibration

Return of data

telemetry data on the Atlas link (229.9 Mc) and the Agena

link (244.3 Mc). Carnarvon recorded telemetry data on

the 244.3-Mc Agena link only. The network configuration

committed to support of the mission is shown below:

FM C-band Tele-
Station SC AM A

telemetry radar type

Mission Control Center X X X

Bermuda X X X X

Carnarvon X X X X

Tananarive X X X

Kano"-' X X

b. Computer support. The Data Operations Branch was

responsible for all mission computing and coordinating

tasks required by GSFC. During the prelaunch count-

down, all the tracking stations supporting the mission

l"_Required as a communications relay point for Tananarive.

participated in the CADFISS TM roll call to ensure valid

radar data flow capability. Launch trajectory data were

supplied to the GSFC computers by the AFETR complex.

Events were passed to the GSFC Operations Director

from the mission controller at the MCC. Approximately

1 week before launch, nominal pointing data were trans-

mitted to the participating stations. During the transmit-

ting lifetime of the vehicle, GSFC computers updated and

displayed the data as required. In addition, acquisition

messages were generated and transmitted to the partici-

pating stations. Radar data from Bermuda and Carnarvon
were reformatted into standard 38-character Gemini for-

mat and transmitted to AFETR in near-real time.

c. Acquisition aids. The acquisition aids provided

pointing information to the radar and telemetry RF in-

puts during the life of the onboard telemetry transmitter.

d. Radar coverage. The Bermuda and Carnarvon ra-

dar of the Goddard MSFN provided a portion of the

13Computer and data flow integrated subsystem test.
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C-band radar tracking of the Mariner III and Mariner IV

Agena booster vehicles. Communications between the
AFETR radar controller and the remote sites were estab-

lished over the Goddard conference loop and the DOD

tie lines. Bermuda exercised standard phasing techniques

as directed by the AFETR Radar Controller. As the

downrange radar source, Carnarvon was responsible

for phasing with Twin Falls and Pretoria during ac-

quisition. Pretoria and Twin Falls used 80-pulse recur-

rence frequency 1,024,000-yd separation, but neither was

equipped with identification coders.

e. Telemetry coverage. The GSFC coverage for the

Agena booster was provided by Bermuda, Carnarvon,

and Tananarive, all of which received and recorded the

telemetry signal. Limited real-time readouts were pro-

vided by Carnarvon. Two receivers each were used by the

three stations for telemetry reception. The oscillograph

was set up at Carnarvon only to record Inter-range Instru-

mentation Group channel 14 in order to display velocime-

ter information with a minimum galvanometer deflection

of 3 in. Recording speed was 8 in./sec. The recorder speed

used to record signal strength was 10 mm/sec. Signals

were recorded on 1-in. 14-track magnetic tape at Bermuda

and Carnarvon and on 1/j-in. 7-track tape at Tananarive

at a speed of 60 in./sec with a 100-kc reference.

f. NASA ground communications. Participating stations

used existing full-time voice, teletype, and high-speed
data circuits. Part-time circuits were not committed for

the mission. During countdown, launch, and parking-

orbit phases, the GSFC Communications Center and all

participating stations were fully activated. Mandatory

communication coverage periods during prelaunch were

called up by the communication manager as required by
the network controller. The communication links to all

participating stations are indicated in Fig. 431. No criti-

cal coverage was required during the mission; however,

special coverage was called on the voice, TTY, and HSD

circuits from Cape Kennedy, Goddard, and Bermuda dur-

ing the launch phase. The following communication cir-

cuits were designated for use during the mission:

Site Routing Voice TTY HSD
indicator

Bermuda GBDA X X X

Mission Control Center GMCC X X X

Goddard Space Flight Center GSPA X X X

Carnarvon ACRO X X

Tananarive LTAN X X

The subswitching centers at London, Honolulu, and

Adelaide were committed to support as required. Kano

was used as a communications relay point for Tananarive.

g. Support arrangement, The MCC at Cape Kennedy

was used for control of the GSFC support during the mis-

sion. No special modifications were required for the

support of the mission. However, Tananarive was not

operational as of launch and certain local modifications

were implemented to ensure support.

h. Special data-handling requirement. In support of

the 36-hr data-return plan, the Tananarive station had to

deliver the telemetry tape from Mariner III to the Jan

Smuts Airport in Johannesburg within 15 hr after launch.

(If two copies of the tape were available, the time would

be extended 2 hr.) The Tananarive station director was
to inform the network controller via SCAMA when the

tape had left the station and the estimated time of ar-

rival at Pretoria, and the Project Office was to inform the
Pretoria station of that time.

3. DSN Support

The Mariner Mars 1964 mission DSN T&DA support

consisted of providing the facilities, equipment, and per-

sonnel necessary to meet the space flight operations re-

quirements of the project.

a. DSIF mission support. The DSIF stations committed

to support of the mission by the DSN are to obtain

angular position, doppler, and telemetry data from the

spacecraft during the postinjection phase of the flight.

Ranging-data capability, in addition to two-way dopp-
ler, is available at DSIF-11 only. The DSIF also sends

ground-computed commands in accordance with the

procedures outlined in the Mariner Mars TIM. The

spacecraft checkout facility at Cape Kennedy provided

telemetry coverage from launch to local horizon.

Data obtained by the DSIF are transmitted to the

SFOF in real time or near-real time by TTY and HSD

circuits. In addition, the same data are recorded on mag-

netic tape at each DSIF station and dispatched to JPL

by airmail.

DSIF stations. The following stations were designated

the primary DSS for the Mariner Mars 1964 mission:

1. DSIF-11, Pioneer Station, Goldstone, California

2. DSIF-41, Woomera, Australia

g. DSIF-51, Johannesburg, South Africa
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I VOICE
I TTY

I CARNARVON I

LEGEND:

FDX - FULL DUPLEX TTY
HDX - HALF DUPLEX TTY

G_ GD, G_ GDA - CIRCUIT DESIGNATIONS

GODDARD
SPACE FLIGHT

CENTER GP 52060

GP 1274

GP 1431

GT 7005-17

GT 7005-21

GT 7005-30

GT 7005 - 3 I

GDA 52027

GDA 52028

GP PP88-FP! VOICE

GP 2289-FP2 VOICE

GP 2290"-FP3 VOICE

GP 2291-FP4 VOICE

GP 2292-FP5 VOICE

GP 2293-'FP6 VOICE

GP 2465-FP7 VOICE

GP 52059-FP8 VOICE

GD 1267_ DATA

GD 1263 DATA

GD 1264 DATA

GD 1265 DATA

GT 7005-11 I00 SP-FDX

GT 7005-12 60 HDX

GT 7005-15 60 SP-ONE-WAY

GT 7005-14 60 SP-ONE-WAY

GT 7005-15 I00 FDX

GT 7005-18 I00 SP-ONE-WAY

GT 7005-19 I00 SP-ONE-WAY

GT 7005-22. I00 HDX 83B2

GT 7005-23 I00 HDX 83B?_

t

GP 52060

GP 1451

GDA 52027

GDA 52028

GT 7005-30 FDX

GT 7005-51 FDX

I, 1

MISSION
CONTROL CENTER

I
L HANGARAE 1

Fig. 431. Network communications configuration

The following stations were designated as the backup
DSS for the mission:

1. DSIF-13, Venus Station, Goldstone, California (af-

ter April 1, 1965)

2. DSIF-42, Tidbinbilla, Australia (after February 1,

1065)

The L- to S-band conversion system has been used at

DSIF-41 and DSIF-51 during the mission. The telemetry

system and angle tracking are compatible with either

the L- to S-band conversion system or the GSDS S-band

system. However, there is a significant difference in the

doppler format: use of the ranging subsystem is not

possible with the L- to S-band conversion receiver.

One of the Mariner Mars 1964 Project requirements

was for dual spacecraft coverage. Thus, the DSIF stations

incorporated the capability of simultaneously transmit-

ting near-real-time data from one spacecraft while re-

cording and storing telemetry data from a second spacecraft

for subsequent transmission to JPL.

Woomera was designated as the primary station for the

early part of the flight. Tidbinbilla was scheduled to

back up Woomera if dual spacecraft coverage was re-

quired, at which time, depending upon its operational
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Table 106. DSIF characteristics and capabilities for Mariner Mars 1964

Item

Receiver capability

85-ft parabolic antenna mount

Maximum angular rate (both axes), deg/sec

Receiving antenna gain, db

Transmitting antenna gain, db

Antenna beamwldth, deg

I Typical system temperature, °K

Transmitter power, kw

Data transmission (via TTY)

Angles

Doppler

Ranging (to 800,000 km)

Telemetry

Demodulated telemetry

Command capability

Data-pack air shipment time to JPL, days

Goldstone Pioneer

DSIF-11

GSDS S-band _

Two

Polar (HA-Dec)

0.7

53.0 ± 1

51.0 _ 1

Goldstone

Venus

DSIF-13

None

Equatorial (Az-EI)

1

Not applicable

53.0 ± 0.5

Woomera

DSIF-41

L- to S-band

conversion kit

One

Polar (HA-Dec)

0.7

53.0 ± 1

51.0 ±1

Tidblnbilla

DSlF-42

GSDS S-band

Two

Polar (HA-Dec)

0.7

53.0 ± 1

51.0 +1

_0.4

60

10

Real time

Real time

Real time

Real and

near-real

time

Dual channel

Yes

_0.4

Not applicable

100

None

None b

None

None

_0.4

6O

10

Real time

Real time

None

Real and

near-real

time

None

Yes

1

Single channel

Yes

7

_0.4

60

10

Real time

Real time

Real time

Real and

near-real

time

Dual channel

Yes

Johannesburg
DS|F-51

L- to S-band
conversion kit

One

Polar (HA-Dec)

0.7

53.0 ± 1

51.0 ± 1

_0.4

60

10

Real time

Real time

None

Real and

near-real

time

Single channel

Yes

_,Capability differences between L- to S-band conversion kit stations and GSDS S-band stations: no ranging, doppler format, single receiver.

hCoherent two-way doppler when operating at 100 kw with Pioneer station.

readiness, it would become the primary station if the

DSN were overloaded.

Dual spacecraft coverage at DSIF-51 was to be pro-

vided by means of the L- to S-band conversion system

covering one spacecraft and either a portable telemetry

package or a modified angle channel of the S-band re-

ceiver covering the other spacecraft.

The parameters and capabilities of each DSIF station

are given in Table 106. The operational frequency as-

signments are listed in Table 107. Approximately 2 hr

are required to change the operating frequency at a

station. Compatible telecommunications modes are listed

in Table 108. Operational block diagrams of the stations

are presented in Fig. 482 through 484. Ground opera-

tional modes are listed in Table 109.

The sample-rate capability for acquisition and predic-

tion information required by the DSIF is described in

Table 107. Operational frequency assignments

during flight

Channel Receive, Mc Transmit, Mc

21

22

23

24

2297.592593

2297.962963

2298.333333

2298.703704

2115.699846

2216.040895

2116.381944

2216.722994

Table l 10. Station reports are periodically transmitted

by each DSIF station to the SFOF.

DSIF coverage. Three prime stations were assigned to

meet the requirements placed on the DSIF by the

Mariner Mars project. Any change in assignment had to

be coordinated between the DSIF Operations Manager

and the Mariner Mars 1964 Space Flight Operations Di-

rector so that no decrease in coverage would result from

a change in prime stations.
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Table 108. Compatible telecommunications modes

One-way doppler

Two-way doppler

Two-way noncoherent doppler

Angle tracking

Ranging

Command

Telemetering

One-way

doppler
Two-way

doppler

X

X

X

X

Two-way
noncoherent

doppler

X •

Xa

Angle

tracking

X

X

X"

X

X

X

Ranging

Xb

Command Telemetering

X

X

X"

X

xb

X

:_Only at receiving station.

bSimultaneous operation not yet demonstrated.

Table 109. Ground modes

Mode Transmit/receive
(first digit)"

One-way doppler (receive

only)

Two-way, one station

(transmit/receive)

Two-way, _wo stations

noncoherent (receive

only)

Two-way, two stations

coherent (receive only

with reference signal

from transmit station)

5 Receive only. No doppler

Antenna/microwave

(second digit)"

SCM maser

SCM paramp

SCM mixer

SAA paramp

SAA mixer

aEXAMPLE: In ground mode 21, one station is transmitting to spacecraft

and receiving two-way doppler using the SCM maser.

NOTE: Telemetry is available in all receive modes except zero.

The DSIF provides coverage equivalent to 24 station

hours/day for the duration of the flight. During injec-

tion and midcourse maneuver, additional coverage was

provided by the prime stations up to the full view period

of each station. (During the critical portions of other

missions, the DSIF may not be able to provide full

24-hr/day coverage of the Mariner IV. The amount of

reduced coverage will be negotiated between the DSIF

Table 110. Acquisition and prediction information

for DSIF stations

Time, rain. Origin

L +22

L +25

L +30

L +100

L +220

L +520

L + 1440

Station Sample rate and amount

Impact predictor 51, 59 1 sample/2 rain, station

building rise to station rise +24

mln

Impact predictor 41 1 sample/2 min, station

building rise to station rise +24

min

Impact predictor 41, 51 1 sample/5 min, station

building rise to station rise + 100

min

Cape communications 41, 51 I sample/5 min, L +90

control min to L +4 hr

Cape communications 41, 51 1 sample/5 min, L +4 hr

control to L +10 hr

Cape communications 11, 41, 51 1 sample/5 min, L +9 hr

control to L +30 hr

Cape communications 11, 41, 51 1 sample/5 min, L +26 hr

control to L + 10 days

Operations Manager and the Mariner Mars 1964 Space

Flight Operations Director.)

DSIF station tracking reports. Tracking reports are

submitted during a tracking period (1) every 30 rain

from launch to midcourse maneuver, and (2) at 1-hr
intervals after midcourse maneuver.
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Fig. 432. Mariner Mars 1964 typical deep space station (S-band)
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Fig. 433. Mariner Mars 1964 typical deep space station (L- to S-band conversion)
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Rg. 434. Goldstone Venus station, DSIF-13 (100-kw transmitter)
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Each tracking report is identified with the launch-

referenced time (e.g., L + 60 min), and contains the

following information:

. XXPI: last five digits of T × VCO frequency

(10-see count), GMT, and the day of the year every

5 min throughout the period covered by the report

. Start and/or end time of the ground station track-

ing mode and actual GMT, and the spacecraft telem-

etry mode

. The average signal level in dbm and AGC volts,

any variation about this level, and the GMT of the

signal level reading

4. The telemetry condition (e.g., in-lock or out-of-

lock condition) of each channel

5. The transmitter power and the transmitter on and

off times

. Sequence of significant events; e.g., {a) time of ac-

quisition, (b) time of loss of signal, (e) time of

significant changes in the tracking system (i.e., re-

ceiver and servo bandwidth changes), (d) time of

abrupt frequency shifts, (e) time of changes in signal

level corresponding to spacecraft events or com-

mands, (f) time of command transmission, (g) time

of verification of command transmission, and

(h) equipment failures and time of occurrence

b. DSN/SFOF mission support. The DSN provided the

Mariner Mars mission with areas in the SFOF for pre-

flight planning and testing and for execution of the

mission. The DSN also provided the technical and opera-

tional control areas, operational communications, and

the data processing within the SFOF required to sup-

port the mission space flight operations.

SFOF coverage. The DSN supplies support coverage
in the SFOF for the operational functions of the mission;

the support began i week before the first flight and will

extend throughout the mission. Technical coverage is

varied in accordance with mission needs; technical mon-

itoring coverage is essentially the same as operational

coverage. Detailed coverage plans for the various groups

are presented in the Space Flight Operations Plan docu-
ment.

Operations and control areas in the SFOF. All mission

flight operations, direction, and control originate in

the SFOF. The DSN provided the areas required for the

Mariner Mars mission within the existing SFOF building

during the Mariner III flight and during launch, mid-

course maneuver, and post-maneuver cruise phase of

Mariner IV. Upon completion of the west wing of the

SFOF building in January 1965, the Mariner project

was provided with additional space in a mission support

area, which serves as the control point during both the

low-activity cruise phases and the high-activity maneuver

and encounter phases of the flight. During the high-

activity phases, each technical area has a representative

located in the mission support area. Each representative

informs the SFOD of his activity and informs the per-

sonnel in his analysis area of any other activities that

might affect spacecraft performance.

Technical areas. The DSN provides the technical areas

in the SFOF for the analysis and evaluation of mission

data. These areas include the Flight Path Analysis Area,

the Spacecraft Performance Analysis Area, and the Space

Science Analysis Area. In addition, a spacecraft model

room, located in the Spacecraft Performance and Analy-

sis Area, is provided. Computer inquiry stations (input/

output) and status displays are available in the technical

areas. These technical areas, supervised by an area di-

rector, are operated according to procedures outlined in

the Space Flight Operations Plan.

Operational communications. The operational commu-

nications system, which is controlled from the Communi-

cations Center in the SFOF, provides two basic func-
tions for the Mariner Mars mission. In the first, it controls

the connection of the various operational and technical
areas to each other and to external networks. In the sec-

ond, it routes information in both directions between the

DSIF stations and AFETR and the appropriate areas in
the SFOF.

Communication lines between the various DSIF sta-

tions and the SFOF are shown in Fig. 435 along with

AFETR communication facilities. Although the figure

indicates that the high-speed data lines are available,

their use should be on an engineering basis only since

the reliability and error rates have not been established

and their operation is not fully qualified.

Data processing. The amount of data processing re-

quired for Mars spacecraft varies as a function of the

spacecraft activity. However, it is a mission requirement

that full data processing be available 30 min after a

request is made by the SFOD or his designated repre-
sentative.
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c. Data _low and processing. The various types of data
processing available in the SFOF are discussed below.

The data flow paths to, from, and within the AFETR,

DSIF, and certain areas of the SFOF facilities supporting

the Mariner Mars mission are presented. Also discussed

are data flow, raw data flow, the data processing sub-

system, and data processing hardware, configurations,

and controls. (The mode of data processing used at any

given time is primarily dictated by the standard sequence
of events.) The Mariner Mars mission is concerned with

real-time and non-real-time data.

Real-time data. The nature of Mariner Mars space

flight operations makes real-time data flow of primary

concern. Control of this flow and of data processing is

necessary so that the proper data are received and pro-

cessed at the proper intervals. These data are received
in real or near-real time via hard-line or radio communi-

cation link and are entered automatically in the DPS.

The data are operated on by the processing subsystem

and are displayed on-line in the user areas as rapidly as

operational priorities and user programs permit. Data

are classified as real time ff they are transmitted via

microwave, phone line, or teletype within 5 min (in the

case of Goldstone) or 10 min (in the case of other DSS)

from time o£ receipt at the tracking station. If buffered in

a link (including the DPS) for more than 5 min but

less than 80 min, data are classified as near-real time.

Non-real-time data. Data received by the DPS either

in the form of magnetic tape recordings or of delayed

transmission from a communications link (more than 80

min after receipt of data at the DSIF station) are classi-
fied as NRT data. The main characteristic of these data is

that their processing is delayed and the results are pre-

pared off-line from the DPS. There is no necessity for a
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feedback path from the analysis area or for very rapid
throughput and display. Data from all of the sources are

entered directly or by magnetic tape into either of the

two available IBM 7040's, which perform the same input

functions on both non-real-time and real-time data, but

which record the collected and formatted input data

on magnetic tape only. These tapes are then batch-

processed on the 7094 at prescheduled intervals, and

magnetic tapes are generated to drive the off-line display
devices.

The complete data flow to, within, and from the

SFOF is shown in Fig. 436 through 488. The flow from

the SFOF is comprised of acquisition and tracking infor-

mation as well as commands for the DSIF, general status

information, and spacecraft performance data. The in-

coming data circuits are routed through the SFOF Com-

munications Center to the IBM 7288 for processing by
the IBM 7040. These data are also made available on

teletype machines and closed-circuit TV in the user areas.

Data processing subsystem. The mathematical process-

ing of incoming data constitutes the major effort in

data handling in the SFOF. The type of incoming data

(whether telemetry or tracking) and the ultimate users

determine the type of computation required. The princi-

pal groups using spacecraft or spacecraft-related data
and the type of data each group uses are listed below. It

is the responsibility of these groups to interpret, analyze,

and evaluate their cognizant type of data.

Group

SPAC

SSAC

FPAC

DSIF Net Control

Mission and Operations
Control

Type of data

Engineering telemetry

Science telemetry

Tracking

DSIF status

Summary of all data and their
status

The DSN DPS provides three services in support of

the above-mentioned operations. In the first, the follow-

ing data are fed into the 7040: all data from teletype,

phone lines, microwave channels, and the TPS; also, all

AFETR TRAJECTORY AND ORBITAL

EVENT INFORMATIONr I INFORMATION

_ICAPEKENNEDY] " AFETR,MPACTIos,FPRED,CT,O ------r----
[DOWNRANGEI-_'ICOMMUNICATIONS | | PREDICTOR _ _ ------

I CENTER l ___ BUILDING 1 EVENTS :__

TRAJECTORY AND EVENT INFORMATION CHECKOUT I

I FACILITY AT r------

ICAPEKENNEDYJ - ------"-_

I JPL OPERATIONS
CENTER

STATION STATUS (VOICE]

TRACKING DATA,TELETYPE

AFETR EVENTS, VOICE

GOLDSTONE

os,_STATUS---_------'

I

DSIF STATUS, TELETYPE
TELEMETRY DATA

I TELEMETRY DATA, TELETYPE

OVERSEAS DSIF STATION (TYPICAL)

DSIF-41, -42, -51, -61

REAL-TIME DATA FLOW

---_ NON-REAL-TIME DATA FLOW

F SFOF

I
I
I") FP'RE ICT';-O S

OUTGOING _1 TELETYPE

INFORMATION _ T-- .........
TO DSIF ,_ .........

STATIONS COMMANDS
TELETYPE

SFOF

COMMUNICATIONS

TERMINAL

1
I MICROWAVE LINK

"_ DSIF I TRACKING DATA, TELETYPE (2)

DSIF-I2 _ GOLDSTONE I TELEMETRY DATA

OSIF VENUS _ COMMUNICATIONS I TELETYPE (2)

DSIF MARS _ CENTER I VOICE

I

1

[:::: TRACK,NGDATA,TELETYPE
TELEMETRY TELETYPE

.... TELEMETRY HIGH SPEED

I DSIF STATUS, TELETYPE

DSIF STATUS

I

i

IlL

l i:
if:

._J I-
i
i

i
i
I
I
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Fig. 436. Data flaw from AFETR and DSIF stations to the SFOF
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Fig. 437. Complete data flow within the SFOF

requests, parameters, and data from the user areas

(Fig. 489) via the inquiry station or the card readers.

The inputs are identified and separated by spacecraft

number and type of data; these types include tracking,

telemetry, and administrative data. All incoming data are

written on raw data tape in a sequential mode with

proper identification to allow separation and processing

in the 7094 in non-real time. If overlaps occur in DSIF

coverage and two stations send identical telemetry data
to the SFOF, the choice of transmission to be inserted in

the 7040 is determined through the data processing con-

trol console. The transmission from the rejected station
is recorded but is not available for further real-time

processing.

In the second, the 7094 complex performs functions in

both on-line and off-line modes. By means of the com-

puter complex, the raw data table is sorted into a master

data table for analysis routines. From these routines, final

reduced data prints and plots of all data are generated

for the IBM Disc File Complex, the IBM 1401, and

the SC 4020. Through the 7094, telemetry data from the

TPS and raw data tapes recorded by the 7040 are
processed, and the midcourse maneuver commands and

DSIF predictions are computed and generated for trans-
mission to the individual DSIF stations.

In the third, the TPS (Fig. 440) is used to convert

telemetry data received in analog, digital, or composite

subcarrier form to a format compatible with a 7288 high-

speed subchannel and with 7094-compatible magnetic

tape. The conversion process is accomplished either in

real time using the HSD communications system or in

non-real time using data recorded on magnetic tapes.

During the most critical portions of the mission, it is

possible to provide parallel processing through the TPS,

which also provides a backup capability in the event of

prime TPS failure. Each TPS is equipped with two par-

allel output buffers that feed subchannels into two

different 7288's. In the event of prime 7040 failure, the

two parallel output buffers enable the backup 7040 to

be switched into the prime position without disturbing
the data flow.

The TPS operates in four different modes:

1. Mode I is the dual-thread mode. When the computer

subsystem is operating in a backed-up mode

(Modes I, IIA, or IIIA), the TPS provides dual-

thread processing (Fig. 441) of the data inputs and

a simultaneous output from each processing path.
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Each of these outputs is patched to a different 7040

complex.

2. Mode II is the single-thread mode. When the com-

puter subsystem is operating in a non-backed-up

mode (Modes IIB, IIIB, or IV), the TPS provides

single-thread (Fig. 441) processing of the data in-

puts and provides one output for the mission.

3. Mode III is data logging. When the TPS is not

sending high-speed data directly to the 7040's, the

data are logged in one or more of the methods de-
scribed in Table 111.

4. Mode IV is analog tape playback. Analog tapes re-
corded at the DSIF stations and in the SFOF are

processed in the manner described in Table 111.

Table ! 11. Data logging and processing capabilities

IBM Strip-chart
High-speed FR 1400 compatible

Mode line input recording recording recording

I X X X X

II X X X X

III X X X X

IV None None X X

High-speed

output to
IBM 7040

X

X

None

None

Data processing control. Flight status and data type
determine the DPS mode of operation and the control

program used.
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The DPS has six operational modes (given in Table 112).

These modes provide different data throughput and fail-

ure recovery times as required for various mission condi-

tions. The flow of data through the DPS is controlled

from the data processing control console. All switching

DATA

TPS IBM 7288
PROCESSING

PATH I IBM 7040(X)

INPUT

TPS IBM 7288
PROCESSING v

PATH 2 IBM 7040(Y)

DUAL-THREAD MODE

/
IBM 7288

DATA INPUT

/ IBM 7040(X)TPS PROCESSING

PATH I

TPS

PROCESSING

PATH 2

IBM 7288

IBM 7040(Y)

SINGLE-THREAD MODE

NOTE: TPS OUTPUT PATHS I AND 3 ARE NORMAL OUTPUT CABLE

PATCHES. OUTPUT PATHS 2 AND 4 CAN BE PATCHED ALSO
IF REQUIRED.

Rg. 441. Single- and dual-thread TPS processing modes

of computer subsystem and input/output equipment, as

well as the control of the computer program priorities,
is initiated from this console. Control functions at the

control console are based on equipment performance and

on operational requirements specified by the SFOD. The

seven user areas in the SFOF contain computer input/

output equipment. These areas perform data analysis

and/or command control functions in the data pro-
cessing subsystem.

The Mariner Mars mission-dependent data processing

programs are divided into three categories:

1. Real-time operational monitoring and processing

programs that include all 7040 computer programs.

. Near-real-time operational space flight analysis pro-

grams that are processed in the 7094 computer for

operational flight path analysis and spacecraft and

science instrument performance analysis.

,3. Non-real-time space flight analysis and research

programs that have multiple options and functions.
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Table 112. Operational modes of the data processing subsystem

Mode

IIA

lib

Ilia

IIIB

IV

Equipment configuration Data processing paths Uses

IBM 7040 IBM 1301 IBM 7094
Two complete real-time parallel

processing paths using two each
7040's, 1301's, and 7094's. Failure

recovery time: immediate.

One complete real-time processing

path with 7040 backup only. The
7040 failure recovery time:
immediate. The 7094 failure

recovery time: 30 rain maximum.

One complete real-time processing

path with no backup. The 7040

failure recovery time: 5 to 50
min. The 7094 failure recovery
time: 30 rain maximum.

Real-time processing by two parallel
7040's only. Data for 7094

processing are batched.

Real-tlme processing by one 7040

only, with no backup. Data for
7094 processing are botched.

Noncritical, non-real-time 7094

disc processing of batched data.

Output is via IBM 1403 and
SC 4020.

This mode is designed for use in the most critical portions of

a mission when the quickest reaction time of the SFOF is
required. Mode I takes maximum advantage of the

redundancy built into the system and affords shortest

recovery time in the event of failure.

This mode of operation incorporates the 7040 backup feature
described in the Mode I configuration. However, there is

no backup available for the Disc and 7094 Complexes.

In this mode, one complete subsystem (a 7040, a Disc File

Complex, and a 7094) is assigned to the mission. No

backup of input or processing is assigned.

This mode is used when the throughput time achieved in

either Mode IIA or Mode liB is not required. In this mode,

all 7094 processing is performed on a batch basis. As in
Mode IIA, all data from remote sites are flowing in parallel

to both 7040's. The active 7040 is used to provide real-time

outputs for user areas and to prepare tapes for 7094 input.
The standby 7040 is used to log all input data on magnetic

tape for use in recovery in the event of a failure requiring

the standby 7040 to become active. Recovery, in the event
of an on-line 7040 Complex failure, will take a maximum of

10 sec. The standby 7040 is also used for testing failing
external devices.

This mode is similar to Mode IliA with the exception that the
second 7040 is not in standby mode and is not available for

test purposes. This mode provides the same operational

capability as Mode IliA, but failure recovery time may be
significantly longer. In the event of a 7040 failure, recovery

may, as in Mode liB, take up to 1 hr.

This mode is a non-real-time mode that involves only the 7094

or 7094 disc operation. All operation in this mode consists

of batch-processing previously collected data. Because of
the noncritical nature of the mode, failures are significant

only in that they cause operation to be suspended until

recovery is accomplished. Processing is at pre-specified
intervals in Mode IV and output is via the SC 4020 and the

IBM 1403 printers.

Key

Primary data processing path for two spacecraft

Backup data processing path for same two spacecraft

Available for processing data from additional spacecraft
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The 7094 computer programs are controlled by a per-

centage time-sharing scheme (Fig. 442). The percentages

are fixed by the SFOD and are based on user preflight

requests and the standard sequence of events.

A detailed description of the operation of the 7040 and

7094 control programs can be found in the Programming

Standards for SFOF User Programs document.

C. Operational Readiness Testing

The operational readiness tests verified the design of

certain portions of the SFO System, their operational

compatibility, and the operational compatibility of the

spacecraft/SFO system. The tests also provided opera-

tional training in certain areas of the SFO System. Test

procedures followed three phases.

1. Phase I: Facility Internal Tests

The tests in this phase were intended to verify the de-

sign and internal compatibility within AFETR, the

DSIF, and the SFOF (independently of each other) in

much the same manner as the spacecraft prototype sys-

tem and subsystem design tests were intended to verify

the design and internal compatibility of the spacecraft.

a. DSIF internal tests. These tests served to verify the

operational status of the DSIF systems used during

the mission as required by the Space Flight Operations

Plan. The plan and procedures required for the DSIF in-

ternal tests were the responsibility of the DSIF Opera-
tions Manager.

b. AFETR internal tests.These tests served to verify

the operational status of the AFETR facilities and sys-

tems to be used during the mission as delineated in the

Project Requirements Document. The plan and proce-

dures for the AFETR internal tests were the responsibil-

ity of the AFETR manager of operations control.

c. SFOF internal tests. These tests verified the opera-

tional status of the SFOF systems used during the mis-

sion as required by the Space Flight Operations Plan.

The plan and procedures required to accomplish the

SFOF internal tests were the responsibility of the SFOF
Operations Manager.

d. SFOF Jamiliarization. A series of lectures and dem-

onstrations were presented, which were designed to fa-

miliarize the Mariner Mars 1964 operations personnel
with the SFOF.

JPL TECHNICAL REPORT NO. 32-740

START
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b. PROGRAM RUN SEQUENCE; x = FIXED EXECUTION INTERVAL
OF EACH PROGRAM

Fig. 442. IBM 7094 processing control
scheme

613



JPL TECHNICAL REPORTNO. 32-740

2. Phase II: Spacecraft-operations Compatibility Tests

The spacecraft/operations compatibility tests verified

the design and operational compatibility between the

spacecraft and the SFO System.

a. Spacecraft/DSIF/SFOF operations compatibility
tests. These tests are discussed in Section XXIII.

b. Spacecraft/DSIF operations compatibility tests.

Three tests were performed to verify the operational

status and compatibility of the spacecraft with the DSIF

station equipment used during the mission. These tests
were conducted and controlled in accordance with the

schedule and procedures established by the DSIF Opera-

tions Manager.

RF up-link test. The RF up-link test used the facilities

and equipment at the DSIF Pioneer station. The DSIF

transmitter was operated to:

1. Demonstrate the GCS with the 10-kw transmitter

2. Verify modulation indexes of the 10-kw transmitter

3. Verify spacecraft lock stability with the GCS com-
mand modulation turn-on

4. Verify bit-to-bit correspondence of GCS inputs

with decoder output (not as an error-rate check)

5. Verify command transmission at various spacecraft

receiver signal levels and frequency offsets

6. Verify command lock through the spacecraft telem-

etry

7. Verify polarity requirements

8. Determine lockup periods as a function of signal
level

9. Demonstrate the use and necessity of the bass boost

network for command-system lockup (false locks)

at high signal strengths

RF down-link test. The RF down-link test also used

the facilities and equipment at the DSIF Pioneer station.

The DSIF station receiving equipment and data system

was operated to:

1. Demonstrate real-time decommutator readouts such

as SPE, AGC, and command verify telemetry from

the spacecraft transponder

2. Determine demodulator and decommutator lockup
periods as a function of signal level and bit rate

(Rate 1 and Rate 2 lock)

3. Determine relative system thresholds for both car-

rier and subcarrier

4. Verify bit error rate at a given signal-to-noise ratio

5. Verify polarity compatibility for the complete sys-

tem (e.g., receiver-to-demodulator, demodulator-to-

TTY encoder)

6. Demonstrate use of bass boost to compensate for

ground receiver response with various receiver sig-

nal strengths

Ranging and doppler systems compatibility test. This

compatibility test used the facilities and equipment at
DSIF-11 and DSIF-13. For the ranging system, the test

included lockup period demonstration, mutual interfer-
ence measurements with command telemetry functions,

and system thresholds. For the doppler system, the test

included verification of lockup_, periods at various
doppler frequency change rates f, verification of maxi-

mum in-lock f-, determination of maximum permissible

amplitude rates of up-links and down-links, and deter-

mination of two-way thresholds. A compatibility test

between the two stations included measurements of dopp-

ler jitter due to microwave link, verification of lockup

times, and two-site two-way operations (loop test).

c. DSIF/SFOF compatibility test. This test was re-

peated three times for three different DSIF stations. The

test established the compatibility of the DSIF stations

tested with the SFOF using Mariner Mars 1964 data and

commands. The test consisted of Mariner telemetry input

to the DSIF S-band receiver, which was then converted

by the Mariner demodulator and TTY encoder. The re-
sultant data were forwarded to the SFOF where they

were compared with the original data. Commands were

transmitted to the DSIF via TTY or high-speed data

lines and then transmitted to the spacecraft by the sta-

tion and verified by the GCS.

3. Phase III: Operational Tests

Phase III tests indoctrinated and exercised the SFO

System operational and technical personnel in the sys-

tems and procedures to be used for the mission. The

DSN provided support to the SFO System during the

Phase III system tests.

D. Tracking Operations

1. Mariner III Tracking Summary

After a 1-day delay in the launch attempt of the

Mariner III, the spacecraft was launched on an azimuth
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of 102.9 deg from Cape Kennedy on November 5, 1964,

at 19:22:04.920 GMT TM (11:22 a.m. PST). Preliminary

analyses of launch vehicle trajectory data, sequence of

flight events, and Launch Vehicle System data indicated

that the flight performance of the first stage (Atlas 289D)

was nominal. The Agena 6931 first burn was about

1.5 see longer than nominal, and the second-burn shut-

down was at a lower-than-desired velocity. The Agena/

spacecraft combination was successfully placed into a

parking orbit with an apogee of 100 nm, a perigee of

100 nm, and an inclination of 30.6 deg during the initial

Agena burn period.

At liftoff, Mariner III was tracked by Station 1 and

Station 0.18. The spacecraft monitoring station acquired
the spacecraft in two-way lock at 14:06:00 and went to

one-way lock before launch; it remained in lock until

19:24:33 (L + 2 rain 28:08 sec). While it was in lock, the

monitoring station provided spacecraft telemetry to the

SFOF. The Mark I event was confirmed at 19:24:18.6,

and the Mark II event at 19:24:21.4, with the signal level

at -135 dbm during the monitoring station view period.

Bermuda also tracked the vehicle during that time period

(19:25) and sent data to JPL. At 19:27, the Antigua sta-

tion began sending tracking data to JPL and the Bermuda

data were interrupted. The Antigua data ended at 19:35.

Confirmation of Mark III through VII events was
logged at 19:32. These events occurred as follows:

Mark III at 19:27:07.2, Mark IV at 19:27:25.2, Mark V at

19:27:27.35, Mark VI at 19:27:29.52, and Mark VII
at 19:28:19.52. Data from Ascension Island were first

received at 19:44, and the quality appeared good.

Pretoria acquired the spacecraft at 19:54 and began

transmitting data. The Mark X event (injection) was

observed during Pretoria tracking at 19:55:41.15.

Johannesburg acquired the spacecraft signal in one-

way RF lock at 19:54:45, at a received level of - 142 dbm,

and maintained lock until 19:55:52 using the S-band

acquisition aid antenna. Because of the 16-deg beam-
width, DSIF-51 was able to achieve RF lock while the

spacecraft was still in Earth orbit and was exceeding

the angular-rate capability of the 85-ft antenna. At

20:01, the Twin Falls tracking ship acquired the signal

and sent data until the MSFC participating station at
Carnarvon acquired at 20:05 and transmitted data. Twin

Falls finally lost track at 20:13.

14All time is given in GMT unless otherwise stated.

Woomera acquired the spacecraft on the horizon at

20:08:04, and, following standard procedures, switched

from the acquisition aid antenna to the automatic track-

ing antenna at 20:10:29 with the received signal level at

- 141 dbm. After approximately 30 see, the antenna lost

the spacecraft, and the receiver dropped RF lock at

20:11:08. For the next 90 min, DSIF-41 had considerable

difficulty in acquiring RF lock with the spacecraft.

The two major problems in acquisition were: (1) the

transmitted power from the spacecraft was 10- to 15-db

too low, and (2) the predictions being used by the sta-

tion (L - 5 min nominals) were in error because of the

nonstandard trajectory. The effects of these two prob-

lems and of the servo problems occurring late in the

countdown made correct interpretation of various indi-

cations difficult. Had these indications been correctly

interpreted, an earlier acquisition might have resulted.

At approximately 21:41, Woomera acquired the space-

craft with the SCM/maser configuration, and tracked

satisfactorily for the duration of the view period. Times

for Mark IX, XI, XII, and XIII events were confirmed as

follows: Mark IX at 19:54:05.95, Mark XI and XII at

19:58:22.9, and Mark XIII at 20:08:25.8.

At 20:17, the SSAC Group at SFOF reported a pre-

liminary indication that the spacecraft science instru-
ments had been turned on. The Carnarvon data ended

at 20:25, at which time the uncorrected data from the

Twin Falls ship were resumed. The end of raw data from
AFETR was recorded at 21:08.

At 21:27, the first indication of nonstandard space-

craft performance was reported by the SPAC Group: the

spacecraft was still operating on battery power without

benefit of solar panel power. The spacecraft was then

declared to be in a nonstandard mode. Analysis of the

Pretoria data produced a C3 of 4.04 rather than the C3 of

10.4 required to inject the spacecraft into a Mars tra-

jectory. However, since the epoch corresponding to this

calculation was in error by 5 hr, it was decided to use

the nominal DSIF acquisition predictions until the

anomaly could be solved.

Woomera was requested to go into two-way lock at

22:02:00. The station reported two-way command lock
at 22:84:00. The command detector was in and out of

lock so often that the station was directed to send the

commands whenever they were in lock during the com-

mand transmissions. At 22:58:00, the transmitter power
was reduced to 1 kw. A DC-15 command was transmitted

at 23:06:02. Power data indicated that the gyros were
off at 23:12:09. The DC-15 was sent in order to turn off
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the gyros for power conservation, back up deployment

of the solar panels, and effect turn-on of the attitude

control subsystem. It was decided to transmit a DC-25

followed by a DC-26 in order to determine whether the

scan platform could move; this would presumably have

determined whether the Agena was still attached to the

spacecraft. The DC-25 command was sent at 23:21:30
and verified at 23:23:00. Data revealed little or no scan

platform movement and almost immediate wide angle

and narrow angle acquisition. The DC-26 command was
sent at 23:29:05 and was verified at 23:30:00. It turned

off planet and cruise science and the battery charger,

and it reduced the consumption of spacecraft power.

Science instruments were verified as being off at
23:32:00.

Subsequent to turn-off of the gyros, both engineering

and science telemetry data indicated that the spacecraft

had not become attitnde-stabilized, denoting that either

the Agena or the shroud was still on the spacecraft.

Further analysis indicated, however, that the Agena had

separated, but that the shroud was still attached to the

spacecraft. It was decided to perform a maneuver that

might shake the spacecraft free of the shroud. Because

of command equipment malfunctions at DSIF-41, how-

ever, the emergency maneuver sequence was not com-

pleted.

At 01:44:00, command transmission was changed from

DSIF-41 to DSIF-51. Johannesburg was instructed to

reduce its transmitter power from 10 kw to 1 kw;
the station was in command lock at 02:12:00. At that

time, SPAC estimated the spacecraft life as 2 hr 13 min

(04:23:00). A second maneuver was attempted from

Johannesburg. The maneuver command series was sent

and stored in the spacecraft. The execution of the ma-

neuver was not verified, however, since the last telem-

etry reception from the spacecraft occurred before the

maneuver start. Before telemetry data ended at 04:05:15.5,

they showed a steady drop of power from the spacecraft

battery. The spacecraft was acquired by DSIF-51 at

00:01:38, and track was maintained until 04:06:24, when
it was lost.

When a detailed analysis was performed to determine

the failure mode, it was concluded that the first specula-

tion that the shroud did not completely jettison had been

correct. Further JPL investigation indicated that the

shroud, a lightweight fiberglass laminated honeycomb

structure, may have failed when exposed to the com-
1)ined thermal-vacuum environment.

2. Mariner III T&DA Support Summary

a. Optics coverage. There were 15 metric, 32 engineer-

ing sequential, and 33 documentary cameras committed
to the Mariner III launch. All metric and docu-

mentary cameras and 29 of the engineering sequential

cameras were operating at liftoff.

b. Radar coverage. Eleven radar stations provided ra-

dar tracking data during the Mariner III launch. Con-

tinuous radar coverage was maintained from L 4- 0 to

L 4- 1554 sec. There was a gap in the coverage

from L 4- 1554 to L + 1872 sec, but it was resumed at

L 4- 1872 and maintained to L + 2218 sec, and from

L 4- 2278 to L 4- 2396 sec. The tracking coverage pro-

vided by individual radar stations and the range instru-

mentation ships is summarized in Table 113.

c. Telemetry coverage. Continuous telemetry coverage

was maintained from L - 484 through L 4- 788 sec.

Following a gap from L 4- 788 to L 4- 1101 sec, ad-

ditional coverage was maintained from L 4- 1101 to

L + 3698 see. A summary of coverage by land stations

and shipboard instrumentation is presented in Table 114.

d. Vehicle instrumentation. The telemetry signal qual-

ity was excellent with the following coverage times for

usable signal:

Station Time, L 4- sec

Hangar AE (Cape Kennedy) 471

Tel 2 (Cape Kennedy) 490

Antigua 790

3. Mariner IV Tracking Summary

Following a 1-day delay in the launch attempt be-

cause of an RF anomaly in the spacecraft communications

subsystem, Mariner IV was launched on an azinmth of

91.4 deg East of true North from Cape Kennedy on Satur-

day, November 28, 1964, at 14:22:01.309 (6:22 a.m. PST).

A preliminary analysis of launch vehicle trajec-

tory data, real-time data, flight events, and Launch

Vehicle System data indicates that first- and second-

stage launch vehicle flight performance, including space-

craft separation, was excellent. The Agena and the

spacecraft were successfully placed in a parking orbit

with an apogee of 99.7 nm, a perigee of 93 nm, and an

inclination of 28.3 deg during the initial Agena burn

period.
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Table113.SummaryofMarinerIII radar

tracking coverage

Station

Cape Kennedy (1.16)

Patrick Air Force Base

(0.18)

Merriff Island Launch

Area (19.18)

X-band radar 1.1 (Cape

Kennedy)

1.2 (Cape

Kennedy)

Grand Bahama Island

San Salvador

Grand Turk

I

! Anhgua

Ascension Island

Pretoria

RIS Twin Falls

Mode

Skin tracking

Beacon tracking

Beacon tracking

Skin tracking

Beacon tracking

Beacon tracking

TV

Intermediate

range

Skin tracking

TV

Intermediate

range

Skin tracking

Beacon tracking

Beacon tracking

Beacon tracking

Beacon tracking

Beacon tracking

Beacon tracking

Beacon tracking

Automatic

track time,

L +sec

8 to 65

65 to 299

8 to 467

16 to 103

103 to 410

422 to 449

0to 1.5

1.5 to 38

38 to 130

0to2

2to38

38 to 130

63 to 386

132 to 572

193 to 696

392 to 768

601 to 1554

1872 to 2218

2278 to 2396

2268 to 2338

2378 to 4129

4168 to 5019

Estimated

reducible

data, L "t-sac

8 to 299

Not applicable

8 to 467

16 to 408

422 to 449

Not applicable

Not applicable I

Not applicable

Not applicable

Not applicable

193 to 696

392 to 719

632 to 1503

1883 to 2218

2278 to 2360

2292 to 2338

2380 to 2528

2858 to 3076

3117 to 3321

3376 to 3572

3732 to 3842

3900 to 4127

After a predetermined coast period, the Agena was

restarted and injected the spacecraft into its planned

Mars transfer orbit. The launch and near-Earth trajec-

tory portion of the mission completed to midcourse

are considered highly successful. The following para-

graphs give a capsule summary of mission tracking

operations.

At liftoff, AFETR Station 1 and the DSIF spacecraft

monitoring station locked on the spacecraft. Patrick Air

Force Base acquired the spacecraft some 14 see later and

began sending trajectory data to Cape Kennedy. At that

point, the trajectory was reported as nominal. The Mark I

event was confirmed at 14:24:14.52, and the Mark II event

was confirmed at 14:24:17.4. Bermuda began tracking at

Table 114. Summary of Mariner III telemetry coverage

Usable coverage
Station Frequency, Mc L .1.sac

Tel 2 (Cape Kennedy)

Grand Bahama Island

Antigua

229.9

244.3

229.9

244.3

244.3

-- 484 -to .1.480

--484 to .1.1.475

46 to 521

25 to 518

300 to 788

Ascension Island

Pretoria

RIS Coastal Crusader

RIS Sword Knot

RIS Twin Falls

244.3

244.3

244.3

244.3

244.3

1101 _ 1625

1837to2447

1609 to 1982

2090to 3698

2234 _ 3149

14:25 and data appeared good. Cape Kennedy confirmed
the Mark events as follows: Mark III at 14:27:00.4,

Mark IV at 14:27:18.9, Mark V at 14:27:20.9, Mark VI

at 14:27:23.1, Mark VII at 14:28:13.8, and Mark VIII at

14:30:38.6.

Antigua acquired Mariner IV at 14:85 and began

sending data that ended at 14:36. At 14:88, Bermuda

data were back on the line. Grand Turk began trans-

mitting data at 14:48, and, at that time, the flight tra-

jectory was reported as nominal. At 14:55, the suitcase

telemetry station at Ft. Dauphine, Republic of Malagesy,

locked on the spacecraft and maintained lock until

14:59. The Pretoria tracking station acquired the space-

craft at 14:58 and sent tracking data until loss of track

at 15:02. At that time, RIS Twin Falls acquired the

spacecraft, and AFETR began sending corrected ships'

tracking data at 15:06. The Mark IX event was con-

firmed by AFETR at 15:02:50; the Mark X event

(injection) was confirmed at 15:04:27.4.

At 15:10:48, Woomera acquired the spacecraft in the

lock mode and reported a signal level of -120 dbm.

The signal level reported by DSIF-41 at 15:14:00 was

-87 dbm. The Mark XI event was confirmed by Cape

Kennedy at 15:07:08.6, and Mark XII was confirmed at
15:07:10.1.

The spacecraft RF power was reported by JPL to be

up at 15:12:42. At that time the spacecraft science experi-

ments were also reported good. The start of Sun acquisi-

tion by the spacecraft was reported at 15:23, and 1 min

later, at 15:24, the spacecraft was on solar power. Sun

acquisition and two-way lock were confirmed at 15:31.

At 15:35, the DSN Manager reported the signal level at
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DSIF-41 as -90 dbm, and the near-Earth trajectory

phase of the mission was considered successfully covered.

Woomera continued tracking with normal received signal

and good two-way tracking data being obtained through

the end of its view period on November 29 at 00:46:56.

Johannesburg acquired the spacecraft at 21:31:40 on

November 28. A normal spacecraft signal and good

tracking data were received through December 1, and

two-way lock was successfully transferred between DSIF

stations; DSIF tracking periods through December 1 are
shown in Table 115.

The deep space stations (DSIF-11, 41, and 51) con-

tinued to track the spacecraft successfully without inci-

dent through December 3. Cruise science calibration

occurred on time the entire flight period. Except for a few

minor ground communications problems (high-speed

data and voice links) that were corrected, the DSN

tracking operation proceeded smoothly. The midcourse

maneuver was tentatively scheduled for the time on
December 4 when both Goldstone and Woomera were

viewing the spacecraft; motor burn was scheduled to take

place at approximately 16:15. The tracking periods for
this immediate time frame are shown in Table 116. The

scheduled maneuver sequence was followed through

receipt of DC-27 (Initiate Midcourse Maneuver) by

the spacecraft. After the spacecraft responded to the

Goldstone transmission of DC-27, Canopus acquisition

was lost and a roll search began. Since a successful ma-

neuver requires that roll and pitch stabilization be main-
tained by Sun lock and star lock until the time of

the maneuver-initiated pitch turn, and since conditions

were nonstandard and the time remaining in the Gold-

stone view period was limited, the maneuver was in-

hibited by a DC-13 (Maneuver Command Inhibit) at

14:48. Sun lock remained stable during that time. The

spacecraft continued to roll until 14:52, when the first

object was acquired. Ground commands for roll override

(DC-21) were transmitted at 15:22, 15:32, and 16:02 and

short-duration roll searches occurred for each DC-21 sent.

Subsequently, Canopus acquisition and midcourse ma-

neuver were then anticipated for December 5. The DSIF

station tracking periods for that time frame are presented
in Table 117.

Tracking activities of the DSN immediately before and

after the inhibited midcourse maneuver proceeded with-

out incident. Several two-way tracking transfers were

effected during that period between the DSIF stations;

the received spacecraft signal was normal; and good two-

way tracking data were obtained. Some minor difficulties

Table 115. DSIF station tracking periods through

December I, 1964

End of track

Station

41

51

11

41

51

11

41

51

11

41

51

Acquisition

Time, GMT Date, 1964

15:10:48 November 28

21:31:40 November 28

06:41:41 November 29

14:20:56

22:09:15
'r

06:40:10 November 30

14:26:25

21:54:40
'r

06:38:11 December 1

!

14:22:27 r21:48:29

Time, GMT Date, 1964

00:45:56 November 29

08:04:27

18:26:20
_p

01:01:19 November 30

08:07:40

18:30:45
_p

00:58:40 December 1

08:07:55

18:29:28
'r

00:57:45 December 2

08:06:33 December 2

Table 116. DSIF station tracking periods for anticipated
midcourse maneuver

Acquisition End of track

Station

11

41

51

11

41

51

11

Time, GMT Date, 1964

06:38:40 December 2

14:33:20

21:49:25

'r

06:34:48 December 3

14:16:24

21:43:30
r

06:32:27 December 4

Time, GMT Date, 1964

18:27:00 December 2

00:21:00 December 3

08:00:32

18:23:33
_r

00:51:15 December 4

07:57:50

18:20:06 11

Table 117. DSIF station tracking periods for midcourse

maneuver attempt

Acquisition End of track

Station

41

51

11

41

Time, GMT Date, 1964

14:15:19 December 4

21:39:13 December 4

06:27:42 December 5

14:10:00 December 5

Time, GMT Date, 1964

00:46:36 December 5

07:54:30

18:16:16

00:43:00 December 6
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were experienced with the high-speed data from Goldstone

to the SFOF but they were resolved. During that time

frame, DSIF-11 reported receiving signal strengths of

-143 dbm, and DSIF-41 reported receiving signal

strengths of -139 dbm. Several doppler sample-rate

experiments were performed at DSIF-11 during the same
period.

On December 5, the day chosen for the actual mid-

course maneuver, DSIF-11 reported the receiver, demod-

ulator, decommutator, and TrY encoder in lock, and

a signal of -143 dbm was received at 06:44. Two-way

lock with the spacecraft was reported by the station at

07:00:30. At 12:35:48, command modulation was reported

turned on, and the command system was in lock at

12:41:41. Goldstone reported all stations and systems

"go" at 13:03, and QC 1-1, the initial command of the

mideourse maneuver sequence, was initiated at 13:05:00.

The spacecraft commands along with the transmitted and

verified times are presented in Table 118.

The midcourse maneuver was successfully completed

at 16:54:57 on December 5. Motor ignition occurred at

16:09:19 and lasted 20 see, 48counts, until 16:09:39. All

spacecraft maneuver events were performed successfully

and at the nominal times. Woomera acted as backup to

Goldstone and tracked the spacecraft while DSIF-11

sent the midcourse commands. Canopus was reacquired

after the completed Sun acquisition sequence by trans-

mitting one DC-21 (roll override) to the spacecraft to

overcome the first Canopus sensor lock on the star

Gamma-Vega. At the completion of the midcourse ma-

neuver, the DSN support of the Mariner Mars 1964 mis-
sion was considered to have been successful.

4. Mariner IV T&DA Support Summary

a. Optic coverage. There were 15 metric, 32 engineer-

ing sequential, and 8 documentary cameras committed to
the Mariner IV launch at AFETR Station 1. All of the

cameras were operating at liftoff.

b. Radar coverage. A total of nine land-based radar

stations and three range instrumentation ships provided

tracking coverage during the flight. Continuous cov-
erage was obtained from L + 0 to L + 704 see. A sum-

mary of the radar coverage provided by the individual
stations is shown in Table 119.

c. Telemetry coverage. Continuous telemetry coverage

was provided from L - 420 to L -!- 728 see. A summary
of the coverage is provided in Table 120.

Table 118. Sl_cecraft commands for
midcourse maneuver

Command Transmission time, GMT Verified time, GMT

QC 1-1

QC 1-2

QC1-3

DC-29

DC-14

DC-27

DC-13

DC-21

13:05:00

13:10:00

13:15:00

13:45:00

14:05:00

14:25:00

15:03:00 (loaded and

ready in GCS)

16:52._0

13:06:15

13:10:55

13:15:55

13:45:54

14:05:54

14:25:54

16:31:00 (removed

from GCS)

16:52:54

Table 119. Summary of Mariner/V radar coverage

Station

Patrick Air Force Base

Cape Kennedy (1.16)

Mod IV 1.1 (Cape

Kennedy)

1.2 (Cape

Kennedy)

Merritt Island Launch

Area

Grand Bahama Island

San Salvador

Grand Turk

Antigua

RIS Sword Knot

RIS Twin Falls

Mode

Beacon tracking

Skin tracking

Beacon tracking

TV

Intermediate

range

Skin tracking

TV

Intermediate

range

Skin tracking

Beacon tracking

Skin tracking

Beacon tracking

Automatic

track time,

L -I- sec

14 to _487

11 to73

78 to 298

Oto 2

2 to74

74 to 130

Oto2

2 to72

72 to 129

Oto6

14 to 90

90 to 478

61 to 399

141 to 561

171 to 174

201 to 239

261 to 275

288 to 600

401 to 704

Limited

commitment

Limited

commitment

Estimated

reducible

data, L -t-sec

14 to 438

11 to73

78 to 298

Not applicable

Not applicable

_P

Oto3

14 to 452

61 to 399

Not applicable

Not applicable

201 to 239

288 to 600

401 to 640

2201 to 2428

None
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Table120.SummaryofMariner IV telemetry coverage

Station Frequency, Mc Usable coverage
L -t- sec

Tel 2 (Cape Kennedy)

(1)
i Grand Bahama Island

(3)

Antigua (91)

229.9

244.3

229.9

244.3

244.3

-- 420 to -t- 500

--420 to .1.500

25 to 513

25 to 513

343 to 728

d. Vehicle instrumentation. The telemetry signal qual-

ity was excellent with the following coverage times for

usable signal:

Station Time, L + sec

Hangar AE (Cape Kennedy) 477

Tel 2 (Cape Kennedy) 500

Antigua 719

E. Performance Evaluation Summary

Tracking performance and associated problem areas

recognized during the early portion of the mission and

summarized briefly in this section were extracted pri-

marily from minutes of the Mariner T&DA support cri-

tique conducted after each launch.

1. Mariner III T&DA Performance Evaluation

a. AFETR metric and VHF telemetry support. No sig-

nificant problems were reported by AFETR representa-

tives in providing the required metric and VHF telemetry
support of the Mariner Ill flight.

b. AFETR S-bandsupport. An attempt to evaluate

S-band performance of the four AFETR stations was

complicated by the reported shroud failure. Collapse of

the shroud before its ejection from the spacecraft led

to speculation that the antenna pattern was deformed.

Therefore, it was impossible to predict the spacecraft

antenna pattern with certainty. The span of time dur-

ing which the stations could receive the S-band signal

was doppler-limited due to receiver capability, but, dur-

ing the possible receive time, the actual received signal

strength was not known with sufficient certainty to indi-

cate why the coverage was limited to the extent ob-
served.

Coastal Crusader (Whiskey). The S-band signal should

have been visible on the Coastal Crusader for approxi-

mately 5.5 min, with doppler acquisition at -I-50 kc and

tracking to -50 kc. Postlaunch tests showed that the

actual capability with the receiver used at that location

should have been limited to acquisition from -t-2 to

-75 kc, a frequency range that would have limited the

receive time to 3 min as the spacecraft was receding from

the site. With a spacecraft transmitter power of 1 w and

an antenna gain of 0 db, the maximum received signal

strength at the input to the S-band preamplifier at that

site should have been -115 dbm. (With a receiver sen-

sitivity of -140 dbm, a signal strength margin of 25 db

exists.) With the spacecraft antenna pattern undistorted

from what was predicted, the actual gain would have

been from -5 db to -20 db for the aspect angles existing

for the Coastal Crusader during the possible receive time.

Any significant distortion or "skew" in the antenna pat-

tern could have reduced the signal to the marginal level
indicated.

RIS Sword Knot (Yankee). A situation similar to the
Coastal Crusader existed on the Sword Knot for the

doppler frequency acquisition capability of the S-band

receiver. The signal should have been acquired from

+0.9 to -71 kc, or for approximately 3 min as the

spacecraft was receding from the site. The same signal
considerations as noted in the case of the Coastal Crusader

were encountered, with the additional complication that

the spacecraft had separated from the A_ena launch

vehicle. Therefore, the exact orientation of the antenna
was unknown.

Station 13 (Pretoria). The doppler frequency range

at Station 13 was limited to acquisition from +18 to

-54 kc. The signal was within that range for 25 sec.

With the high elevation angle of 81 deg, the maximum

signal level should have been approximately -100 dbm.

The maximum signal level indicated at the site was

-108 dbm. The signal apparently passed through the

receiver frequency range so rapidly that the receiver

operator was not able to tune the receiver to within 2.5 kc

of the received frequency to obtain a receiver beat note.

RIS Twin Falls. The doppler frequency range on

the Twin Falls was limited to acquisition from -t-31

to -46 kc. With the high elevation angle at that loca-

tion and with the ship's large antenna system, the

Twin Falls had a 20-db-greater signal margin than any

of the other stations. Even so, the received signal fluctua-

tions were great enough to cause minor dropouts on the

initial track (up to the antenna elevation limits) and

major dropouts as the spacecraft receded from the site.

The large signal fluctuations are believed to have been

created by the spacecraft, since the independent antenna

systems on the Twin Falls (the broadband and the S-band

antenna) reported the same signal fluctuations.
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c. MSFN T&DA support. The MSFN was designated

as the lead division within GSFC to provide the T&DA

support of the Mariner III flight. The MSFN stations

providing this support were Bermuda, Carnarvon, and

Tananarive. Telemetry through Agena separation and

metric support for range safety were provided by

Bermuda. The VHF telemetry and FPS-16 radar support

were provided by Carnarvon. Only VHF telemetry sup-
port was provided at Tananarive.

A minor problem was experienced in operational
readiness at Tananarive due to the schedule on which

the station was made operational. In addition, com-

munications to Tananarive were interrupted more than
was desirable.

None of the minor problems experienced was suffi-

ciently serious to degrade the support provided. Although

some difficulty was encountered in getting valid pointing

data to Carnarvon, the station acquired the Agena by
means of acquisition aids.

d. NASA communications support. Goddard Space

Flight Center representatives reported that no serious

communications problems were experienced in support-

ing the Mariner III mission. Special coverage was pro-

vided by the common carriers during launch. Some

concern was voiced over the reliability and quality of the

voice and TTY communications with the Johannesburg

station. Problems existed in providing clear instructions

to the station due to the intermittent outages of the

voice lines. Since the reliability of the TTY appeared

greater than that of the voice lines, it was suggested that

adequate operational procedures be developed using the

TTY as the prime method of communicating operational
instructions to the stations.

e. DSNsupport. The three DSIF stations supporting

Mariner III were located at Goldstone, Johannesburg,

and Woomera. The project requirement for standard

Woomera operation on the first pass was that the station

acquire and maintain the spacecraft in one-way lock

for 80 min before going to two-way lock in order to

optimize reception of maximum valid telemetry data.

Woomera L -- 7 min hold and S-band acquisition an-
tenna problem. Prior to launch, when Woomera was

working on the near collimation tower, it was found

that in hour angle the antenna drove right through

boresight and failed to snap on. At that point, the station

was declared red and the servo system was rebalanced,

after which successful, although rather sluggish, snap-ons
were achieved. Similar checks were made on the far col-

limation tower with satisfactory results. The station was

then declared green (even though the early failure to

snap on was not fully understood), because it was felt

that the aided track mode of manually nulling the S-band

acquisition antenna errors would give adequate backup.

While this was true for the signal levels expected

(above -180 dbm), it was not true for the signal levels

(below -140 dbm) actually received from Mariner III.

The primary reason for the delayed acquisition was a

failure of the servo system when it was operated in the

S-band acquisition aid mode. A significant factor in the de-

lay was the unexpected low and fluctuating Mariner III

signal level. The problem was traced to the S-band acqui-

sition antenna isometric amplifier in the servo system.

Under large error conditions, including noisy conditions

associated with low signal levels, the amplifier would

"nang up" in an out-of-balance condition. This resulted

in the system driving off at full rate during signal levels

below - 140 dbm. With large misalignments at any signal

level, the system would fail to acquire because of the
time constant associated with release from the out-of-

balance condition.

Investigation of the amplifier problem revealed that

the output voltage-limiting Zener diodes were connected

from output to ground rather than from output to the

input of the stage. The placement of these diodes had

caused the amplifier to be overdriven and, therefore,

slow to recover. Placement of the diodes across the ampli-

fier merely limits the output without overdriving the

amplifier. The problem was resolved by eliminating

the amplifier. In addition to removing the hang-up

problem, this solution also simplified the setting up pro-

cess, since it made one less dc amplifier to balance and

it removed the polarity reversal introduced by the iso-

metric amplifier. Reconnection of the diodes causing the

problem was not accomplished because of the limited

time between launches, and because the system per-

formed satisfactorily with the amplifier removed. The

station was later modified to the standard configuration.

Considerable difficulty was also experienced in main-

taining RF lock with the spacecraft after initial acquisi-

tion due to the nonstandard trajectory and the use of

L - 5 rain nominal predictions. Postflight analysis

showed these predicts to be out of nominal by about

1 deg in declination and 7 deg in hour angle. Use of
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AFETR predicts was precluded when it was found that

they contained a 5-hr epoch error from computer garble.
The SFO Director advised DSIF-41 to use the nominal

preflight predictions until the anomaly could be solved.

When the second run of AFETR predictions was made

available for use, Woomera had already achieved RF

lock on the spacecraft.

Woomera and ]ohannesburg GCS problems. Consider-

able difficulties were experienced with GCS operation

during the flight. These difficulties were a result of

equipment design errors and procedural problems not

anticipated before launch. A light on the GCS panel,

showing command loop lock, received a wrong polarity

voltage from the ground telemetry system because of a

wiring error, and erroneously indicated to the GCS opera-
tor that the system was out of lock. Since the in-lock

indication voltage was received from the telemetry de-

commutator, it was concluded that the command system

was in lock and plans were made to proceed with com-

mand transmission. The next procedure was to normalize

the GCS frequency offset, but, because the frequency

was incorrectly adjusted too rapidly, the command loop

lock was dropped. When the drop was resolved, the com-

mand loop was locked up and commands were transmit-

ted. While a DC-14 command was being transmitted, the

loop dropped lock again and it appeared as if the last

spare amplifier had failed, so command operations were
transferred to DSIF-51. It was later determined that the

amplifier had saturated but had not fated (a condition

that had also been noticed during Spacecraft System tests
before launch).

Quality of Woomera tracking data. Trouble developed

in the Woomera doppler tracking system 10- and 1-cps

frequency synthesizer adapters at L - 48 hr. Two more

synthesizers were installed in parallel with the original

units, and no further trouble was experienced. The sta-

tion configuration was then arranged to use the addi-

tional synthesizers as prime equipment and the original
synthesizers as backup.

It was reported that good doppler data were received
from Woomera between 22:08 and 01:34 GMT. Based

on Ranger experience, 0.01-cps noise was expected;

0.033-cps noise was experienced. A two-cycle bias appar-
ently existed in the doppler counters, although the dis-

crepancy could have been in the trajectory (likely under

the circumstances). An intermittent power supply in the

transmitter doppler section was actually suspected. The

discrepancy occurred at the same time that the station

attempted two-way lock. This hardware was repaired be-
fore launch of the Mariner IV.

Quality of Woomera and ]ohannesburg telemetry data.
Less than 20% of the first 90 min of Woomera tracking

contained useful data. This performance was due to the

characteristics of the spacecraft signal, the use of poor

angle predictions, and a partially failed spacecraft trans-

ponder. After DSIF-41 acquired at 21:44, good data were

received until 03:44, partly because the establishment

of two-way lock resulted in bypassing the failed portion

of the spacecraft transponder and partly because of the

subsequent signal increase. All data received at Johan-

nesburg were good from acquisition to loss of signal at

04:08. The ground telemetry and recording subsystems

at both stations performed satisfactorily.

Suitcase telemetry operation at Fort Dauphine and

]ohannesburg. The beamwidth of the antenna for the

suitcase telemetry operation was approximately 15 deg,

and the spacecraft stayed within the beam for approxi-

mately 2 min. The system temperature was 1200°K;

2 BLo was 80 cps; and the tracking threshold was - 150 db.

The tape recorder was capable of recording 20 min of

data on two 4-in. tapes.

The suitcase telemetry system was designed for an

expected performance of nominal trajectory with ac-

quisition at 900 nm at a signal level of -121 to

-122 dbm. The only available comparison, since Fort

Dauphine did not acquire any data, is with the DSIF

acquisition aid, which had an 8-db advantage over the

suitcase telemetry system. Based on this comparison, the

suitcase telemetry should have received a signal level of
-142 to -143 dbm, which is just at threshold for aural

acquisition.

SFOF and 36-hr data return operations. The 36-hr data

return operations functioned as designed. There were no

major problems associated with the SFOF function.

_. Performance summary. The overall T&DA support
for the Mariner III mission was satisfactory, and all ma-

jor commitments were fulfilled. Tracking and telem-

etry coverage was virtually uninterrupted from liftoff at
19:22:04 on November 5 to 04:05:55 on November 6,

when the last audible signals were issued from the space-
craft. Sufficient information was recovered from the

flight for a detailed failure analysis, which disclosed
the cause of the failure, and for consequent determina-

tion of remedial action to be taken in future missions.
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2. Mariner IV T&DA Performance Evaluation

a. AFETR support.

San Salvador. Tracking data were lost from L + 230 to

L Jr 288 sec due to an undetermined problem with San

Salvador equipment. When the spacecraft reached 520-

nm slant range, the track was lost. This range was the

upper end of an interference zone extending from 504 to

520 nm. When the spacecraft was abeam of the station,

it was reacquired. The interference zones present be-

tween slant range intervals caused no further problems

as the spacecraft was tracked at increasing range. Loss

of track was believed to have been caused by a malfunc-

tion in the logic circuitry of the digital range machine.

Pretoria. The maximum spacecraft time above the
horizon, as viewed from Station 13, was 4 min with a

maximum elevation of 2.5 deg. Receiver No. 1 acquired

the signal at the horizon, and receiver No. 2 acquired it

at its maximum positive tuning capability; both receiv-

ers tracked to the horizon. The reported signal fluctua-

tions were probably caused by multipath propagation

phenomena at the low elevation angles.

RIS Sword Knot (Yankee). There was an apparent off-

set of approximately 30 sec on the Sword Knot in the

horizon times predicted and those reported by the other

stations. This offset reflected the error in the predictions

and in using a launch azimuth of 90 deg instead of the

actual 91.4-deg azimuth. Receiver No. 1 acquired at the

horizon and tracked through the maximum elevation of

25.5 deg to approximately 13 deg above the horizon.

Receiver No. 2 acquired the signal 30 see after receiver

No. 1 acquired it and lost the signal 23 sec before No. 1

did. There are two possible causes for loss of the S-band

signal at that high an elevation angle: one could be from

a drop in signal strength below the receiver threshold;
and the other could be from an excess in the receiver

doppler capability.

To investigate the signal strength that should have

existed, the same slant range and spacecraft parameters

predicted earlier were used. The power transmitted was

1 w with a 0-db gain antenna, and the receiving antenna

had an effective gain of 16 db. With the range of

3.2 × 106 ft existing at the time, the received signal level

should have been approximately -114 dbm. The space-
craft antenna pattern indicated that, because of the as-

pect angle existing at that time, the signal level received

at the ship could have dropped 20 db below the value

obtained using the above parameters. The manual track-

ing antenna could not have been accurately positioned

with that signal level, since it is well below the minimum

discernible level of the pan scope of -115 dbm.

The possibility of exceeding the receiver doppler lim-

its was based upon information received from the

Sword Knot as a result of prelaunch tests. The doppler

offset measured before launch had apparently shifted so

that the doppler acquisition ranges were from +74 to
-28 kc for receiver No. 1 and from +55 to -48 kc for

receiver No. 2; this gave a system capability of acquisi-

tion at + 74 kc and of tracking to -60 kc. No effort was

made to change the crystals before launch, since any

area restricted by the lessened capability was covered
by the overlapping of adjacent stations.

Loss of receiver lock was indicated on the Sword Knot

by complete loss of signal. At the time of receiver signal

loss, the pan scope would have given no signal indica-

tion, and, if the receiver lost lock because of exceeding

the doppler limits, there would have been no receiver

signal strength (AGC voltage) indication. However, for

receiver No. 2 to have lost the signal first, there must
have been a difference in the two receiver sensitivities.

RIS Twin Falls. To clarify the evaluation of the

Twin Falls' S-band performance, the receiving system

capability is reviewed here. A tracking receiver and a

data receiver were connected by means of multicouplers

to S-band preamplifiers and to down converters driven by

right-hand circular and left-hand circular antenna out-

puts. The tracking receiver outputs to the tracking elec-

tronics were at a frequency of 20 Me. The interference

frequency amplifier in the tracking electronics had a

predetection bandwidth of 1 Mc, which gave a tracking

sensitivity of -110 dbm with the 4-db noise figure of the

S-band system.

The data receivers had a predetection bandwidth

of 2.5 kc, which gave an effective receiver input noise

level of -136 dbm. Laboratory tests made with a trans-
mitter modulated in the same manner as the Mariner

Mars spacecraft transmitter have indicated that the data

receiver will lock to signal levels as low as -144 dbm

below the receiver noise level. The sensitivity (of the same

type of spectrum display used on the Twin Falls) was
measured and found to be -115 dbm. It was determined

that the signal strength predicted during the required

Class I coverage was actually well above the minimum

signal levels required for the S-band receiver system.

(Note that the spacecraft signal level was increased from

1 to 10 w at approximately L + 45.1 min.) With a plotted

range and using antenna gains of 0 db for the spacecraft
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and +g5 db for the ship, the signal level was always
in excess of -99 dbm. The data receivers were offset in

frequency to provide optimum coverage of the antici-

pated doppler frequency shift. Data receiver SN/107 had

a frequency acquisition range from -t-91.2 to -15.7 ke,
and was connected to the left-hand circular antenna

channel. Data receiver SN/llg had a frequency acquisi-

tion range from +41.2 to -64.5 kc (hold in range to

-78 kc), and was connected to the right-hand circular
antenna channel.

Based upon the above information, two possibilities

arose for not receiving data part of the time. First, the

spacecraft antenna was designed for right-hand circular

polarization. The input to the left-hand circular channel
of the S-band antenna would be attenuated below that

predicted, but no measurements were made on that com-

ponent of the spacecraft-radiated signal. With signal

margins for the data receiver greater than 40 db and for
the tracking receiver greater than 15 db, this effect would

probably not have completely prevented signal acquisi-

tion in the left-hand circular receiver channel. Second,

no receiver lock would have been achieved by transfer-
ring data receiver SN/107 to the broadband antenna from

L + 8080 to L + 8210 sec, since the negative doppler shift

of the S-band signal was outside of the receiver's capabil-

ity at that time. The signal frequency would have been

within the frequency range of the spectrum display unit

connected to the receiver, but the signal level was too

low when using the broadband antenna to be detected

at the slant range existing during that time period. With

a transmitting antenna gain of 0 db, a receMng antenna

gain of 16 db, a spacecraft S-band power output of 10 w

on a range of from 5.1 to 7.0 × 10'; yards, the signal level
would have been between -118 and -120 dbm.

Testing by the ship's personnel upon completion of the

ship's tracking operation turned up a problem with

the tracking receivers. Operation in the crystal-controlled

mode caused the antenna carrier relay to lock up with

no receiver input present. Hence, the receiver was oper-
ated in the AFC mode.(This same problem had existed

when the system was delivered.)In the AFC mode, the

receiver was designed to lock to (and cause the tracking re-

ceiver first local oscillator to follow) any change in the

input frequency. When no signal was present in the re-

ceiver, the first local oscillator was offset in frequency
because of the imbalance in the discriminator. Both track-

ing receivers on the Twin Falls were measured and

found to have a large frequency offset. The receiver that

was in the right-hand circular channel was offset 598 kc

above the nominal frequency. The offset in the left-hand

circular channel was sensitive to the IF gain setting.

When the IF gain was set to the nominal value for the

mission, the offset was 800 ke above nominal. Original
measurements indicated that the receiver was also offset

590 ke above nominal. Increasing the IF gain setting
could reduce the offset to 100 ke above nominal. The

discriminators were exchanged between the receivers,

and the frequency sensitivity with gain was noted in the

left-hand circular channel, which indicated that the phe-
nomenon was a function of the discriminator character-

istic. The procedure for setting up the tracking receiver

was to use the crystal-controlled mode to tune the

first local oscillator and the pre-selector to exactly the in-

put frequency. A signal received at the receiver input
(e.g., 895 Me) would be mixed with the first local oscil-

lator (in this case, 425 Me) in the first mixer to produce

a 80-Me signal, which had a predeteetion bandwidth of

approximately 1 Me, that would be provided to the an-

tenna automatic-tracking electronics. In the tracking re-

ceiver, the 80-Me signal was fed to a second mixer that
was also driven with a 40-Me second local oscillator

tunable ±250-ke signal in the second IF amplifier. The

second IF amplifier had a 1-Me bandwidth filter. In the

crystal-controlled mode of operation, the AFC voltage
from the discriminator was disconnected from the first

local oscillator. When the receiver was switched to the

AFC mode of operation, the first local oscillator would

remain at 425 Me if the discriminator were perfectly bal-

anced. To relax the requirement for a perfect discrimina-

tor, AFC modes of operation are normally used after

a signal has been acquired in the crystal-controlled

mode, or gated frequency sweep is used to overcome

the discriminator offset during signal acquisition. With

a 598-kc offset in the first local oscillator, the received

signal would have been 98 ke outside of the tracking

electronics and second IF amplifier passbands.

Even with these problems in the AFC mode of opera-

tion, this system could have worked if the ship's person-

nel had been advised of the problems and instructed in

the corrective action necessary. With the second local

oscillator tuned to 40 Mc, the received signal would also

be outside of the 1-Me passband in the second IF ampli-

fier. Decreasing the second local oscillator frequency

100 kc or more would put the received signal within

the passband of the second IF amplifier. The output

of the discriminator would correct the frequency of the

first local oscillator, and, with this AFC loop closed,

would center the signal in the 80-Me IF. The offset at

80 Mc would be approximately equivalent to the sec-
ond local oscillator offset.
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With the setup existing for the Mariner IV launch,

there was a more than equal chance that the automatic

tracking receiver system would not have a chance to

function. The manual frequency control of the second

local oscillator would have had to be offset in the proper
direction.

Even without the automatic tracking capability, the

data receivers should have locked to the spacecraft signal
as long as the S-band antenna was slaved to the C-band

radar and the Agena vehicle and the spacecraft were

close together. This condition existed until the Agena

retro-maneuver was performed long after the end of

Class I requirements. Tests performed with a test aircraft

indicated that the maximum boresight error existing be-

tween the radar and telemetry antennas was 0.4 deg. This

was well within the 3-db beamwidth of 2.5 deg. Since

no search mode was initiated during this slave to the

radar, the degradation to the received signal should

have been approximately a 1.2-db amplitude modula-

tion at the 30-cps conical scan rate. During the time the

circular scan mode was in use, the received signal

would have had superimposed upon the conical scan

modulation an amplitude modulation of approximately

4.6 db, at a rate of 2.8 cps. During the ±5 deg sector

scan, approximately one 400-msec pulse should have been

received every 2.1 sec. It was possible during the last scan

mode for the data receiver to have been tuned through

the spacecraft frequency when there was an absence of

signal. If this had been the only scan mode used, it could

explain the loss of signal part of the time, but not for the

entire search period. A blip-scan ratio might have existed

that could have also degraded the pan-scope presenta-
tion; the exact amount has not been evaluated.

Another factor in the possible loss of S-band signal

strength concerns the spacecraft antenna pattern. After

separation at L + 45.1 min, the tumble could easily have

caused 30-db nulls in the anticipated signal strength.

Determining the actual null periods is virtually impos-
sible with the information available.

No single reason was found for the Twin Falls having
received no S-band data in the entire 10-min Class I

period, or in the subsequent time period when acquisi-

tion should have been possible. Examination of the track-

ing and data receivers upon their return to Patrick Air

Force Base may reveal additional information to help

resolve the problem. It was concluded with reasonable

certainty that the tracking receivers were operating out-

side of the frequency acquisition range, and that there

was evidently a combined frequency and space search

problem with the data receivers that was not successfully

solved within the tracking period.

b. MSFNsupport. The MSFN stations providing

T&DA support for the mission were Bermuda, Carnarvon,

and Tananarive. Telemetry through Agena/spacecraft

separation, metric support, and range safety were pro-

vided by Bermuda; VHF telemetry and FPQ-6 radar

support were provided by Carnarvon. Only VHF telem-

etry support was provided at Tananarive.

Bermuda. The FPS-16 angle system at Bermuda was in
a red condition for 10 min as the result of a short cir-

cuited -150 vdc bus in the elevation equalizer and

switching unit. Support of the computer and data flow

integrated subsystem test was delayed until 10:52 GMT.

The test was subsequently very well coordinated with
voice cues.

In addition to the angle system problem, an ADRAN

nth-time tracking gate problem developed at 13:50,

which was quickly traced to the line carrying interference-

region switching information to the event recorder. The
line was disconnected and the trouble cleared 1 min

later. Interference-region switching information did not

appear on Channel 7 of the event recorder during the

Mariner IV flight.

Both acquisition aids provided good tracking and an

excellent signal. Acquisition aid No. 1 encountered one

brief burst of interference that pulled the antenna off

track 15 to 20 deg, but it reacquired track within 3 see

and tracked smoothly the rest of the pass. Acquisition

aid No. 2 also experienced a short burst of interference

that caused the system to lose track momentarily. No

reasons for the interference were readily apparent.

Carnarvon. Acquisition aid No. 1 at Carnarvon ex-

perienced multipath reception at elevation angles up to

14 deg. Tracking was very good with good signal

strength. Tracking was deliberately broken at 16:01:30.

Acquisition aid No. 2 had poor signal strength because

of multipath reception, but the signal strength increased

rapidly and tracking became very good in all respects.

Tracking was deliberately broken at 16:01:30, after com-

pletion of the required commitments.

Tananarive. Before the launch of Mariner IH, a

20-db attenuator pad was inserted between the pre-

amplifier and the multiplex input at Tananarive, be-

cause, without the presence of a signal, a 100-/zv noise
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level was indicated on the receiver signal strength meter.

After insertion of the 20-db pad, the noise level de-
creased to approximately 10/zv.

c. NASA communications system support. Communi-

cations support for the flight was generally good. Although

some circuit outages existed, at no time did it appear that

the mission was in jeopardy due to faulty communications.

A complete power failure occurred at the South African
DSIF-51 radio terminal transmitter site (Olifantsfontein)

approximately 50 min after liftoff. When the main

(commercial) power failed, an automatic cutover switch

did not actuate the auxiliary power supply. Investigation

showed that the cutover switch was not properly adjusted.

This failure left the Johannesburg station with-

out communications for approximately 45 rain. Fortu-

nately, the failure occurred when the spacecraft was not

within the view period of the station. Communications

were restored to DSIF-51 before the next view period.

d. DSN support.

Launch pass at lohannesburg. During the launch

pass at Johannesburg, the station obtained one-way lock

for 3 sec (starting at 14:57:10). The predicted angles

used for the acquisition attempt were obtained from the

L - 5 min predicts. Comparison of the predictions with

the actual angles of the antenna position obtained from

the tracking data revealed that the predicted flight path

varied from 12 deg to i deg below the local horizon

mask and 13 deg to 0 deg below the antenna limit stops.

The spacecraft was below the horizon throughout the

entire pass. The short one-way RF acquisition occurred

when the actual and predicted declination angle differ-

ence became less than 2 deg. The predicted values should

have been within 1 deg of the true angles in both hour
angle and declination.

VCO frequency error during initial Woomera to Johan-

nesburg transfer. In preparation for the initial first-

pass transfer from DSIF-41 to DSIF-51, the frequency
X.tr of the incoming station transmitter VCO was cal-

culated by the SFOF. The equation used to calculate

this frequency was designed to provide a ground trans-

mitter VCO frequency that would reach the spacecraft
transponder at the zero SPE voltage point, which would

give the station the best frequency to achieve instanta-

neous two-way lock with the spacecraft. In calculating

Xar, a value of +44 cps instead of -44 cps was used in
the equation. The effect of this error was to set the in-

coming station transmitter VCO 88 cps higher than its

correct value for instant lock. When the incoming station

(Johannesburg) switched its transmitter on, both ground

receivers dropped lock. Woomera subsequently relocked

one way, and Johannesburg was instructed to search

±10 cps about its VCO frequency in an effort to lock the

up-link. This was not successful and DSIF-51 was in-

structed to switch off its transmitter and lock up one way

because of the requirement to receive telemetered space

science calibrations. At that time, it was discovered that

due to a misunderstanding of instructions the DSIF-51
transmitter was on 10 kw on the SCM instead of on the

required S-band acquisition. Both Woomera and Johan-

nesburg were instructed to remain in one-way lock.

At the end of the science calibration period, Woomera

turned on its transmitter and went into two-way lock.

Johannesburg was provided with the corrected Xar fre-

quency and modified to transmit through the S-band

acquisition antenna, and a smooth transfer between sta-

tions was effected. Subsequently, control was successfully

passed back to Woomera and again back to Johannes-

burg at approximately 30-min intervals to provide orbit

comparison data to the T&DA System.

Suitcase telemetry station at Madagascar. The space-

craft was acquired by this suitcase telemetry station ap-

proximately 2 min before it was expected to rise, and

was tracked for approximately 21/, min. The signal was

maximized at approximately 4 deg from the initial

pointing angle, and the doppler shift was as expected.

Signal strength at acquisition was -120 dbm. No trou-

ble was experienced in following the spacecraft, using

only the remote AGC meter on the antenna as a pointing

guide. The change of bias potentiometer setting to com-

pensate for the change in doppler was accomplished.

However, a large static phase error was built up during

the time interval in which the operator tried to check the

performance of the recorder. Shortly after that, the dopp-

ler rate became quite high (indicating it was probably

the point of closest approach) and a dropout occurred.

The signal was reacquired, but was soon lost again and

was not reacquired.

Playback of the tape indicated a severe change in

signal wave shape as a function of the static phase error.

This was due to the change from the center point of the

slope of the telemetry detector, which caused the detector
to be nonlinear. Reduction of the data indicated that the

demodulator had no problem in locking on the signal;

however, acquisition of synchronization sometimes took
ahnost a minute. One time point was quickly defined on
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the tape (the 1600 mark of WWVH) but no other

points during the time of data recording were readily
discernible.

Suitcase telemetry station at ]ohannesburg. The space-

craft was acquired almost on the horizon and was

tracked for approximately 3½ min from this station. At

that time, the ground antenna was pointing toward a null

of the spacecraft antenna and the signal was too weak to
maintain lock.

This suitcase telemetry station tape had three time

marks, each a minute apart, but were garbled and very
difficult to read. More care should be exercised in

future time labeling, and the use of separate tracks for

time and voice messages is important.

e. Phase termination. The first Goldstone pass was un-

eventful; the spacecraft was acquired near the horizon and

two-way lock was effected almost immediately. Tracking

and data acquisition proceeded routinely thereafter.
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XXVh PROBLEMS AND RECOMMENDATIONS

This Section describes some of the typical problems

encountered during the development of the Mariner

Mars 1964 Project, and presents recommendations that

should alleviate such difficulties. To an extent, many

of the possibilities for improvement were recognized at

the time, but irrevocable launch data precluded appli-

cation of the remedial action. The experience gained

during the project, however, may well be used to ad-

vantage on other similar space programs. For this rea-
son, the recommendations are made with a view to

facilitating the design and development of future systems,
and may help to avoid the pitfalls or expedient measures

that were encountered by the Mariner program. The

problems and recommendations pertaining to the overall

Mariner Mars 1964 Project (from a management point
of view) are not included in this volume. It is felt that

such comments should include the entire Mariner Mars

1964 flight, and will more appropriately appear in a
later volume of the project report.

A. Launch Vehicle System

An example of launch vehicle sc_hedule problems was

the unavailability of complete interface hardware for

use in PTM matchmate tests. The shroud system was

incomplete due to unavailability of certain adapter

mounted hardware. Similarly, the three flight shroud

systems matchmated with the two flight spacecraft before

shipment to Cape Kennedy did not incorporate hardware

qualified for flight in all respects. Flight-hardware short-

ages were most numerous in the area of adapter and
V-band instrumentation, although shortages in shroud

system handling equipment were chronic right up to
prelaunch operations.

Project requirements included certain mission trade-off

studies. One of these was the generation of a plan for the

return of launch vehicle diagnostic telemetry and S-band

spacecraft telemetry data (transmitted via the Agena
telemeter) within 36 hr, and for the evaluation of launch

vehicle tracking and telemetry data as rapidly as pos-

sible. A more timely initiation of such a study would

have permitted its evolution by an iterative process,

which is essential to all complex problems involving in-

puts and constraints from interfacing organizations. A

plan for rapid data return was generated late in the pro-

gram, the value of which was not fully realized until it

was demonstrated by the successful diagnosis of the

Mariner III cause of failure in time to rectify the prob-
lem for Mariner IV.

The Launch Vehicle System and its mission-peculiar

hardware were not tested with the same philosophy as

the Spacecraft System because of their very nature and

genealogical ties to weapon system vehicles. Weapon sys-

tem vehicles are developed for large quantity use and to

meet mission reliability goals through highly redundant

launches. This of course is not possible on space explora-

tion missions, where the number of possible launches is

limited. The testing of interface hardware was largely

confined to developmental and qualification tests of non-

flight hardware using the concept of "qualification

through similarity" to qualify flight hardware.

Agreements should be reached in the preparation and

sign-off of the project development plan on all known

difficult organizational interfaces, and a mechanism

should be established for expeditiously resolving any

new or additional problems that may arise during the life

of a project. In the launch vehicle interface area, the

project development plan should typically provide for
the establishment of:

1. Regularly scheduled interface working meetings

with specific chairmen and commitments to full

support of the meetings.

2. Regularly scheduled reviews of the status of the
launch vehicle and of the interface hardware devel-

opment.

3. Working level communication channels, including

degree of responsibility to be delegated on each side
of the interface.

4. Designated scheduling activities, including assign-

ments of responsibility as to agency. Consideration

should be given to method of resolving discrepan-

cies and conflicting schedule constraints.

5. An agreement on the distribution of technical docu-
ments. The classes of data that will receive auto-

matic and simultaneous distribution to the agencies

named in the agreement should be specified.

6. A plan for the activation and/or support of technical

panels set up to handle exchange, discussion, and
review of technical information in those areas that

are either complex and involve constraints and in-

puts from interfacing organizations, or that need

exposure to informal group discussions before for-

mal documentation and approval. The agency re-

sponsible for documenting minutes of the meetings

should be designated for each panel.
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7. An agreement on the responsibility for preparation

of interface documents, and on the extent to which

multiple agency signatures are required in each
case.

8. An agreement on the participation and support by

each agency in all tests of interface hardware

including matchmates, dummy run tests, and com-

bined system tests. The agreement should be estab-

lished to ensure that the proper agencies are

represented for each test category (e.g., design
verification tests should not be of interest to launch

operations personnel, whereas preliminary match-

mate of both test and flight hardware would be of

great interest to launch base personnel). Participa-

tion would provide needed familiarization and

training of personnel, and should aid in the refine-

ment of test and operation procedure documents.

9. An agreement on joint participation in the timely
development of mission trade-off studies, which are

prerequisites to a selection of alternative or optional

approaches to attainment of mission objectives.

Contractual requirements should include provisions

that ensure proper hand-over of flight hardware from one

organization to another. Appropriate launch base person-

nel should participate in matchmate tests, combined sys-

tems tests, DD-250 buy-offs, and the preparation of

operations and procedure documents that guide pre-
launch checkout and test activities.

If the concept of qualification by similarity continues

as an accepted principle in any phase of Spacecraft Sys-

tem development, rigorous quality control procedures

should be required, which recognize the reduction in

confidence accompanying any hardware not subjected to

flight acceptance testing.

It is suggested that incentive contracts contain perfor-

mance and schedule incentives appropriate to the impor-

tance of these parameters to planetary mission success.

B. Spacecraft System

1. Octagon Structure

The following problems were encountered during the
design and fabrication of the basic structure:

1. The science payload change near the end of the pre-

liminary design phase required that the secondary

structure be completely redesigned. Although the

changes were incorporated without significantly

compromising the final design, they did increase

the costs and delayed the development structure
deliveries.

2. The schedule was severely jeopardized by the late

delivery of the forging billets from the vendor. Only

through the use of premium time during the ma-
chining operations were the assembly schedules
met.

3. The problems encountered in using titanium fasten-

ers complicated the assembly sequence. Ultimately

all the problems (galling, contamination, and nut

locking torque) were satisfactorily resolved, but
only with considerable detailed effort.

4. Several parts were damaged during the application

of the surface treatment and were scrapped. The

etching process removed more material than allow-

able, rendering the parts structurally unsound.

5. The surface treatment was found to be primarily a

surface preparation treatment for later coating ap-

plications. The surface protection afforded by this
treatment was minimal; corrosion was noted on sev-

eral parts that were not kept in an environmentally
controlled area.

For the same or a similar structure to be built in the

future, the following recommendations are made:

1. Large forgings for machinings should be ordered as

soon as the design has progressed to the point at
which the gross shapes and dimensions have been

defined. Special attention should be paid to the

forged-billet material properties. Extensive use of

coupon material tests is recommended.

2. The magnesium components should be treated with

material that will provide more corrosion protection.

3. The design approach of minimizing the post-
assembly machining operations should be continued.

There were pay-offs attributable to such a design
approach.

4. Press nuts or equivalent female fasteners should be

used in all hard-mounted applications.

5. The flight structure and mechanical ground equip-

ment should be designed concurrently. Design

and operational simplicity were achieved by this

approach.

2. Spacecraft Superstructure

The major problems associated with superstructure

fabrication were dimensional control during tube form-

ing and weld quality and part distortion during welding.
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a. Tube _ormmg. Tube forming problems were encoun-

tered in the fabrication of both the ring half-sections and

the strut tubes. Problems with forming the half-sections

included controlling the wall thickness and the outside

and inside diameter of the formed ring. Wall thickness

was controlled by starting with 1/8-in. wall material,

drawing it to a nonuniform wall thickness (thin on one

side, thick on the other), and forming the half-ring with
a short radius on the thin-wall side of the tube. In this

way, the material on the thin side was compressed and
thickened while the thick side was stretched. The bend

radius of the ring segments was controlled by forming it
over a machined block. However, some half-sections
were delivered with an undersized bend radius. These

segments were clamped to a fixture of proper diameter,
heated to 450" F, and allowed to cool on the fixture. This

procedure was repeated until the part was of the proper
dimensions.

The main problem associated with fabrication of the

strut tube was swaging the tube end without developing
cracks in the internal surface of the reduced section. A

one-step swaging process would not produce satisfactory

parts, so an acceptable two-step process was developed.

b. Welding. Obtaining finished parts of acceptable

weld quality was the most difficult and persistent prob-

lem. Since welding of thin-gauge aluminum structures is

essentially an art, this problem was attacked mainly by

a cut-and-try process based upon fabrication and engi-

neering experience. Once a procedure producing nearly

acceptable welds was evolved, it was followed religiously

and reiterated until the part was acceptable or was ren-

dered useless by the production of more defects or unac-

ceptable distortions.

The technique as finally developed consisted of: using

the same top-quality welder for the fabrication of all

parts; using a shielding gas with a low dew point and

checking the dew point at the torch regularly ; preheating

the parts to be welded in a controlled and repeatable

fashion; cleaning and maintaining clean parts, particu-

larly in the areas to be welded; and rigidly controlling

the welding procedure. This technique, although seldom

producing an acceptable part on the first attempt,

did produce remarkably good parts for the complexity

of the joints involved. Generally, the parts had to be re-

worked four or five times before they were acceptable.

Part distortion was minimized by controlling the weld

procedure. All welding was accomplished by first
tack-welding the parts together in a fixture, and then

finish-welding them in the free state. If the parts were
constrained, thermal stresses from the welding heat

would cause local yielding and, upon cooling, distortion.

This problem was minimized by sizing the fixture to

allow for welding shrinkage and by allowing the parts

to expand during welding and return very nearly to the
desired dimensions when cool. Dimensional uncertainties

were allowed for by providing extra material in the areas
that were to be machined to final critical dimensions.

3. Boost Dampers

The problems encountered in the damper development

program can be broken into two groups: epoxy bonding,

and filling techniques. An epoxy bonding problem was
discovered with the first set of dampers that were assem-

bled using the bonding technique. The problem, which
was a failure of the same joint on each of three damp-

ers, was traced to an incorrect etching technique on the

aluminum piston. A consultation with the manufacturer

of the epoxy resulted in a procedure being used through-

out the remainder of the program with no failures or

further problems.

The most bothersome problem was that of uniformly

filling the dampers. The method of filling consisted of

coating the piston with a thick layer of silicone fluid,

wetting the inside of the cylinder with the silicone, and

inserting the piston into the cylinder. It was found that

to obtain consistency in loading, the piston had to be

inserted at a steady rate of less than 0.25 in./hr. At that

rate it took over 2 days to fill a damper. Even then, about

20% of the dampers had to be refilled to meet specifica-

tion performance. When the filling operation was accel-

erated, the reject rate became intolerably high. Due to

the limited time and manpower available, a more satis-

fying filling method was not developed, although it
seems that there is no technical reason that a better

method cannot be found. It is not unlikely that a more

uniform filling technique would also help solve the
thermal-vacuum test difficulties.

Recommendations concerning boost damper develop-
ment are:

1. Use on future spacecraft whenever the need for a

damped-structure concept exists

2. A more uniform filling technique

3. A damping fluid with a small apparent viscosity

change as a function of shear rate

4. In some applications, it would be desirable to re-

place the O-ring seals with a bellow-type seal
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5. The existing design, with only very minor changes,

is suitable for use on a system that must be heat-

sterilized and/or gas-sterilized

From the feasibility studies of damped structures made

early in the program, it was determined that their use for

the Mariner Mars spacecraft would result in large savings

of structural weight. Continued investigation in this area

makes the application of damped structures to future

spacecraft seem equally as attractive.

4. Solar Panel Deployment System and Solar Panel

Cruise Dampers

a. Solar panel deployment system. One of the major

problems encountered with the solar panel deployment

system was the installation of the spring arbor assembly

to the spacecraft. The difficulty in installation led to the

scrapping of one of the first spring designs, the negator

leaf springs.

Another problem in the solar panel deployment area

was the method of attaching the clock spring inner coil
to the arbor. The arbor had to have a 0.250-in. diameter

hole through it and be able to slip inside the inner coil

(about 0.375-in. diameter), which left a wall thickness of

0.062 in. At first it was thought that the inner coil and

arbor outside surface could be made square to provide

the torque-carrying capability. It was found, however,

that Elgiloy could not be used in this application, since
it cannot be formed over an arbor less than ten times the

material thickness (the material used was 0.025 in. thick).

Different materials were investigated, which could be
formed over a smaller arbor, but the alternate materials

were either magnetic or lacked the ultimate slxength

necessary. The method of attachment finally decided

upon was the use of a hole through the first coil and a

pin in the arbor. Since the arbor wall thickness was only

0.062 in., the pin could not be pressed in but had to be

machined as an integral part of the arbor (a rather ex-

pensive proposition).

The use of an early complete solar panel deployment

system test cannot be overemphasized. Although each

subsystem performed nominally, gross problems were

encountered when all the components were tied together.

The use of a free-fall panel-deployment system is

strongly recommended for future missions. In such a sys-

tem, the weight is reduced and the reliability increased.

The successful performance of a free-fall system on
Mariner IV adds additional confidence to such an

approach.

b. Cruise dampers. The major problem encountered in

the cruise damper subsystem development was the

design of a latch that would meet all the necessary

functional requirements. These requirements were low

engaging force, high retraction force, zero backlash, ease

of operation, light weight, nonmagnetic characteristics,

and functional simplicity. However, an additional require-

ment was imposed that latching motion could not take

place tangent to the arc of motion. This requirement

resulted from having started the cruise damper system

design after the solar panel structure and bus structures

had been designed and were being fabricated. By that

time, it was too late to make basic changes in the design

of the solar panel and bus structures. As a result, the

Mark I latch assembly was subject to very stringent

adjustment requirements for proper operation, and sub-

sequent operational difficulties were encountered. The

redesign required for the Mark II damper system and the

new shroud envelope permitted the latch to be designed

to a more reasonable set of requirements that resulted
in a trouble-free Mark II latch.

Considerable manufacturing difficulty was experienced

by the vendor that gold-plated the Mark I cruise damper.

The body of the damper was plated on the outside and

coated on the inside. The vendor scrapped 10 damper

bodies before developing the proper technique. The dif-

ficulty was the primary reason for using aluminum for

the damper body of the Mark II design, since the

Mark II dampers were fabricated on a schedule that

could not allow parts to be scrapped.

The most important recommendation that can be made

for the cruise damper is an early start on any problem

with the interfaces to enable changing them while there

is still time. Specifically, the areas that need particular

attention are the dynamic requirements and the geomet-
ric interfaces.

With regard to the dynamic requirements, it is most

probable that the requirements for accuracy of frequency

and damping matching between panels were more strin-

gent than necessary. Based on the SMIT results, it is felt

that the original requirements were tighter than neces-

sary, as were the final requirements. Unfortunately, how-

ever, this area was hard to define precisely until tests

were run, when the hardware was already built. An early

effort should be made to analytically predict the system

response, and, thereby, to obtain reasonable requirements

that can be verified by testing.
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A desirable simplification of the system would be to 
eliminate the latch. It can be shown that the latch is not 
necessary from a dynamic standpoint, although it may 
be desirable from a ground-operational standpoint. The 
latches and dampers on Mariner Mars spacecraft were 
not designed to hold the panels in a 1 g field, although 
that would have been desirable during the spacecraft 
assembly operations; however, the weight restrictions did 
not permit the feature to be included in the design. 

5. Science Platform 

a. Actuator. One of the problems encountered during 
fabrication of the actuator was porosity in the magne- 
sium gear housings. Even though all the housings were 
machined from the same piece of raw material, two of 
the fourteen units would not hold pressure for extended 
periods of time, and, hence, were used as special test 
units. In addition to the porosity problem, difficulty was 
experienced in getting an acceptable protective coating 
on the magnesium gear housings and covers. The major- 
ity of the first units delivered were rejected for faulty 
coatings, that could be removed with the thumb nail. 

Some difficulty was also experienced in the fabrication 
of the clutch plates because of the nickel and chrome 
plating, which deposited heavily on the sharp edges of 
the parts and prevented good surface contact between 
the clutch surfaces. These plates were rejected and refin- 
ished by grinding to the correct dimensions following 
plating. 

b. Science cover. Fabrication of the aluminum honey- 
comb plate, originally thought to be a straightforward 
process, became involved with a series of problems that 
resulted in a costly loss of development time. For the 
most part, the problems resulted from fabrication diffi- 
culties experienced by the vendor, which were not caught 
during inspection. However, a few problems were the 
direct result of the honeycomb design defects that were 
uncovered during the fabrication and test procedure. As 
a result, a decision to use aluminum honeycomb in the 
future should be tempered by a more thorough study of 
the application and of the fabrication methods used. 

During initial vibration tests of the science cover 
assembly (both as a separate unit and as assembled on a 
complete test vehicle), catastrophic failure occurred when 
the latch attachment fittings in the cover plate pulled 
through. Upon inspection, it was noted that core fill and 
insert bonding had not been applied as specified. An 
example of this failure is illustrated in Fig. 443. Addi- 
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Fig. 443. Science cover honeycomb insert failure 

tional quality control measures were introduced to ensure 
proper fabrication. As a backup, minor changes were 
incorporated in the attach fittings and support structure 
to provide a safety margin on the load-carrying capabil- 
ity of the inserts. 

One improvement incorporated for the second set of 
covers consisted of changing to a higher temperature 
adhesive. It was felt that this was necessary after check- 
ing the possible transient solar heat input during mid- 
course maneuver. The revised adhesive curing procedure 
resulted in an internal pressure capable of producing the 
skin delamination illustrated in Fig. 444. Judging from 
the location of the damaged area, it appeared that the 
insert fill adhesive was outgassing at a sufficiently high 
rate during cure that the pressure could not be adequately 
vented through the perforated core. After some revision 
in the method of heat application, this problem was 
resolved, 

Fig. 444. Science cover skin delamination 
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A final problem, discovered late in the schedule, was

the result of a routine check for entrapped volatiles that

could possibly outgas and contaminate the science

optics. The first cover plate subjected to the thermal-

vacuum cycle outgassed in sufficient quantity to form

droplets on the condensation plate. Analysis of the con-

densate revealed that it was a hydrocarbon, which was

traced to inadequate control of cleanliness during the

fabrication process. The existing cover plates were re-

moved from the flight hardware assemblies and subjected

to a number of thermal-vacuum outgassing cycles. The

procedure was repeated until no measurable loss of

weight in the cover plate was evident.

Problems that arose during the design and qualifica-

tion of the cover were basically the result of schedule.

The science cover still has much room for improvement,

both in concept and in detail. The lack of definition of

the cover interface requirements resulted in an unavoid-

able compromise, which clearly lacked any semblance of

structural optimization. As a by-product of the design,

further consideration should be given to the possible

problems and anticipated advantages of honeycomb
fabrication.

6. Solar Panel Structure

While bonded construction has many potential advan-

tages, its greatest defect is that no extant inspection tech-

nique can adequately verify its physical characteristics

by non-destructive means. The problems encountered

point out the need for rapid, non-destructive gauging
techniques in soft metals less than about 0.008 in. thick.

Tight fabrication process control by cognizant engi-

neering personnel is a necessity. Where manufacturing

personnel reassignments occurred during the program,

the quality of hardware deteriorated rapidly. Handling

damage was a daily occurrence. Man, rather than the

qualification test environments, proved to be the biggest

source of damage. Additional training of personnel can-

not be expected to reduce the nature of this problem,

since most of the damage to the panels was inflicted by
skillful, well-trained, careful technicians assigned specif-

ically to panel work. It is recommended that, on any

similar future programs, realistic handling problems be
considered; skin thickness should be no less than 0.006 to

0.008 in. to adequately resist typical handling damage.

It is also recommended that early engineering control be

set up over all fabrication practices and parameters that

affect vital performance features. In addition, it is

recommended that QA organizations have the tools, staff,

and knowledge to continuously monitor these critical
parameters.

Specific hardware improvements for a planar, Sun-

oriented solar cell array are:

1. Modular structure for repairs and logistic reasons.

2. Dielectric, nonmetallic skins, with conventional me-

tallic corrugations.

3. Design tempered with repeated qualification test

requirements as well as flight environmental re-

quirements. This would lead in a follow-on design

to the use of steel or titanium hinge bearings, steel
inserts, and structural fasteners in all areas exer-

cised in test sequences and operations.

4. Improved shear capability of the corrugated sub-

strate by reducing the size of or eliminating the

lightening holes in the regions of shear transfer to

spars.

C. Radio Subsystem

1. Green Corrosion

After in-process inspections, the T-section modules of

the radio subsystem were subjected to electrical and

thermal tests. Following these tests, a final inspection

revealed green-colored foreign matter under the sleeving

in areas not accessible for cleaning. It appeared as ff the

material resulted from copper corrosion brought about

by entrapment of the still active flux between the wire

and the sleeving, which prevented the ionizing media

from evaporating. In evaluating the problem, flux was

applied to the entire length of a wire, and the wire lost

only0.21_ copper by weight. (Actually, the corrosive resi-

due was about the size of a typewritten period.) From

the results of the evaluation, it was reasonable to assume

that the parts in question would be acceptable and the

amount of corrosion insignificant.

2. Capacitor Problems

The discovery of loose gold flakes in certain types of

capacitors provided the explanation for several pre-

viously unexplained momentary signal and power losses

during system testing of the transponder. The flaking

was the result of rotation of the rotor. Most of the power

losses occurred in multiplier modules that required far

more tuning than the average module. A Hi-Rel version

of the capacitor was installed in a retrofit program, which

solved the problem.

3. Varactor Diode

A few varactor diode failures that occurred in the

screening program were attributed to junction problems,
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which resulted from the amalgamation of gold and alu-
minum. The connection was believed to contribute to

circuit losses, and, in some cases, to the circuit opening.

However, since failures occurred only during the screen-

ing process, screening tests were considered adequate to

detect the problem.

4. Uniformity of Modules

As a transponder was inspected, a number of discrep-

ancies were noted that were classified as missing parts,

wiring errors, incomplete schematics, and generally poor

workmanship. Each module was corrected by the manu-

facturer during retrofit of the capacitors by performing

a detailed inspection just before seal-in. This inspection

was made by the engineer who was familiar with both

the modules and the drawings. Each module was in-

spected against its schematic for component values,

against an assembly drawing for completeness, and against

a photograph for parts replacement. Each component on

the assembly drawing was marked with yellow pencil

to verify the presence of the part in the module. Any

component additions or changes were marked in red.

This documentation became part of the record on each

flight transponder.

5. RF Filter

During one of the first bench verification tests per-

formed on the system, exciter noise at the receiver fre-

quency appeared at a level that would reduce receiver

threshold. The problem was solved by placing an RF
filter at the output of each exciter. The filter was de-

signed with a rejection band centered at the received

frequency. This type of design provided about 100 db of

rejection at the received frequency with less than 0.2-db

insertion loss at the transmitted frequency.

6. Load Isolator

Variations in load VSWR caused detuning of the ex-

citer output stage. The problem was solved by placing a
ferrite load isolator at the output of each exciter.

7. Receiver and Exciter Power Supplies

During one of the first system tests performed on the

PTM, the transponder was being seriously affected by a

low-frequency ripple appearing on the 50-v-rms, 2.4-kc

spacecraft power supply. From the measurements made,

the data showed that VCO and ranging channel modules

were most susceptible to this ripple, but results from

other tests performed indicated that other modules were

also being affected. A redesign effort was begun on the

transponder power supplies. A series regulator was
added to the output voltage lines. The additional filter-

ing provided by the regulator solved the problem.

8. Power Amplifier and Power Supply

Two single RF amplifiers combined to form a dual

power amplifier and two single power supplies combined

to form a dual power supply were evaluated for their

potential as the transmitter power amplifier stage. The

investigation led to the conclusion that the initial ampli-

fier design would not fulfill the mission lifetime require-

ments. Efforts were immediately started to develop

another amplifier source. A power supply program was

started concurrently to produce flight acceptable units

satisfying the voltage requirements of the amplifiers.

Tube life expectancy was the major problem. Close
contact with the tube manufacturer was established early

in the program to explore the possibilities of extending
tube life. The main life-shortening factor was the evapo-
ration rate of solid materials from the cathode surface,

which led to gradual clogging of the grid holes. Actual
cathode life was far in excess of 10,000 hr, but grid clog-

ging led to gradual changes in tube characteristics. Oper-
ation with reduced filament voltage and correspondingly

reduced cathode temperature was found to be the most

effective way to increase tube life. Especially selected

and processed tubes were supplied directly by the

factory. These tubes could be operated with 5-v fila-

ments. Life tests were started immediately. An attempt

to predict life expectancy from the data proved incon-

clusive. About that time, a backup tube was showing

promise of having a longer life with essentially the same

RF performance characteristics. In the meantime, explor-

atory investigations were being conducted with TWT

amplifiers, which had already logged considerable life-
test data that was lacking with both of the other tube

types.

In conjunction with the RF amplifier effort, the power

supply program was carried through to successful com-

pletion for both the TWT amplifier and the triode cavity

amplifier. Efficiency of better than 80% was attained

within the allotted size and weight constraints estab-

lished for the program.

9. Ranging Channel

During a regular test performed on the PTM, the sys-
tem receiver indicated a received signal whether the

ground transmitter was turned on or off. Investigation

of other systems confirmed the results observed with the
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PTM. Further analysis revealed that the receiver lock

problem was caused by a signal coming from the ×30

frequency multiplier and reaching the receiver by an

oscillatory loop formed through the energized ranging

channel. The signal was of spurious origin and was

caused by a parasitic oscillation in an amplifier stage of

the multiplier. The parasitic oscillation was believed to

have been caused by an excessively long lead on a par-

ticular bypass capacitor. Reworking the module to pro-

vide a more effective bypass by shortening the capacitor
lead eliminated the cause.

Since closing of the receiver-transmitter oscillatory

loop required that the ranging channel be on (even

though this was not the primary cause of failure), false

receiver lock was avoided by not turning the ranging

channel on. On flight units, flight schedules did not per-

mit reworking the modules, so the decision was made to

launch and fly with the ranging channel off.

10. Antennas

a. Low-gain antenna.

Squint o_ peak of beam. Squinting of the beam at its

peak was caused by the unsymmetrical TM01 mode adding

with the desired dominant circularly polarized Tell mode.

It was blamed on poor test range quality and alignment

inaccuracies, and was not discovered until during the

first test of the first flight-type antenna.

The solution was to suppress propagation of the un-

wanted mode in the crimped transition section with a

series of seven ¼-in.-diameter wire loops protruding into

the waveguide along each of the four internal transition
ridges.

Excessive ripple on the main lobe. Excessive ripple was

measured during the first full scale test of the low-gain

antenna on the spacecraft. It was caused by large left-
hand circularly-polarized back-lobe reflection off the

spacecraft bus. To solve the problem, two rows of eight

parasitic elements were added below the circular ground
plane. These elements reflected back radiation from a

controlled point, and actually improved the forward lobe
radiation characteristics.

Extreme temperature environment. As a result of solar-

simulator tests, it was predicted that the low-gain an-

tenna waveguide could heat to as much as 300* F during

maneuver and non-Sun aligned periods. A special type-

approval test was conducted to prove that the antenna

could survive under these conditions. No problems were

experienced as a result of the test; if a problem had been

encountered at that point, it is assumed that tempera-

ture control paint would have been an acceptable solu-

tion. However, the problem points up the necessity for

early solar simulation tests of exposed critical items sucla
as antennas.

b. High-gain antenna. A crack in the rear skin outside

the elliptical support beam was caused by a higher-than-

expected amplification factor. It was solved by bonding

a full doubler in the weak area. Since externally mounted

appendages will usually see amplified inputs relative to

the predicted booster induced input at the separation

plane, it is recommended that the earliest first test of

the composite structural test model spacecraft take high

priority at the outset of the final design phase.

11. General Recommendations

Pyramiding of specifications should be avoided; com-

plete specification review should be made at the start

of a program. This should be accomplished before any

manufacturing begins, so that all parties concerned are

aware of their obligations and can attempt to eliminate

misunderstandings or misinterpretations of specifications.

The use of flow charts and travelers should be con-

tinued to ensure proper and adequate inspection. Par-

ticular inspection items should be specified in related
documents.

Permanent QA & Reliability inspectors should be

assigned to a project, so that they become thoroughly

familiar with contractual requirements, problem areas,

and equipment. Many errors occur during the initial fab-

rication of a spacecraft that require corrective action and

solutions. Valuable experience is lost when inspectors are

changed.

Inspection responsibilities should be increased to in-

clude configuration inspection of parts placement and

values to ensure uniformity of modules.

More extensive use should be made of colored photo-

graphs as an aid in inspecting configurations; and more
extensive use should be made of detailed check lists and

process sheets.

More stringent procedures should be established for

rework and inspection of failures occurring in preliminary

module testing.
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D. PowerSubsystem

1. Power Regulators

The main booster-regulator failure-sensing circuitry

detects either high- or low-voltage failure. To prevent

triggering by noise, the response of this circuitry must be

slow. To prevent excessive overvoltage for short times,

Zener diodes were added to the output of the main

booster regulator, which suggests a better failure detec-

tion method: overvoltage should be detected by means

of sensing the current through the Zener diodes.

Replacement of the motor-driven switch that transfers

the spacecraft from external ground power to internal

battery power should also be investigated. This could be

done with semiconductors or a hybrid circuit using a

small relay and transistors to eliminate junction drops.

The existing switch is heavy and also has a high magnetic
field.

2. Power Synchronizer

The Mariner Mars power synchronizer has a 38.4-kc

input signal, and has square-wave outputs of 2.4-kc, single-

phase 400 cps and three-phase 400 cps. There is an in-

ternal 38.4-kc oscillator that functions if the input signal

is not present. The highest synchronized frequency used

on the spacecraft is 2.4 kc. Therefore, the primary fre-

quency reference could be in this package, and could be

4.8 kc to yield a symmetrical 2.4-kc square wave. The
backup oscillator could also be 4.8 kc. This would reduce

the number of flip-flops in the countdown and, therefore,

would also increase reliability.

The synchronizer flip-flops are composed of discrete

parts. The use of microminiaturized flip-flops should be

investigated, since they may improve reliability and fa-

cilitate manufacture by reducing the number of solder
connections.

In the Mariner Mars 1964 configuration, if the power
synchronizer fails, the 2.4-kc inverter will continue to

operate. The three-phase inverter will not function, how-

ever, because it requires a driving signal. However, if the

three-phase logic were to use the 2.4-kc inverter output

as a clock, the three-phase 400-cps inverter would oper-
ate with a failed synchronizer.

3. Battery Charger

The Mariner Mars battery charger has two modes of

operation: charge at 15 w maximum, and boost at 40 w.

The boost mode prevents operation from the battery if

sufficient solar power is available. With the proper selec-
tion of battery and solar panel voltage, the boost function
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Fig. 445. Power system output transformer connections

can perhaps be eliminated. If elimination of the boost

function is not possible, it is recommended that two sepa-
rate circuits be used for boost and charge. The boost

requirement of 40-w maximum output makes the charge

mode operation inefficient and necessitates a more com-

plex circuit than needed.

4. Output Transformer

The load on the three-phase 400-cps inverter is con-

nected in a floating neutral Y configuration. With this

load, the two transformer connections give the same sig-

nals. The recommended scheme (Fig. 445) has fewer

windings and interconnections, and should be considered

for future designs.

5. Battery

Improvement in life and reliability of the type of bat-

tery used on Mariner Mars spacecraft should be attempted

by further work in the following areas:

1. Prevention of plate movement during vibration,

which endangers the plate tabs or wires and could

tear the separator.

2. Reduction of position sensitivity, which will im-

prove battery life on Earth and reduce the number

of system test batteries required.

3. Improvement in the separator system, since it is

usually the first component to fail in a battery cell,
would benefit all silver electrode batteries.

6. Flight Converter Fabrication

A number of problems were encountered during the

fabrication and testing of the flight converter equipment.
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One of the most urgent problems in the early stages

of fabrication was the availability of screened or

JPL Hi-Rel component parts. In general, the procure-

ment time for JPL Hi-Rel parts made it faster to screen

commercial components at the vendor's facility. The

screening program was a source of new problems.

The vendor did not have adequate facilities either in

quality or quantity until well into the screening sched-

ule; the screening procedures written by the vendor

were, in many cases, not measuring what was desired, or

not measuring it correctly. The design changes such as

standardization of components caused problems because

of poor overall scheduling or because of demands for

increased quantities of components above the limited

capacity of the vendor. The JPL screening specifications
were untried in many cases or were not clear in what

measurement was required or the conditions under which

a measurement was to be made. A large number of

screening specification and procedure changes were made

as a result. A high component attrition rate was experi-

enced in the screening process, which caused consider-

able reprocurement and rescreening. A nominal attrition

rate was expected, since unselected commercial parts

were being screened; however, a very high rate was ob-

served. This increase over the nominal expected rate was

caused by two factors: specification errors that over-

stressed the components, and the vendor's procedural

errors that overstressed the components. The screening

program operated satisfactorily after the initial prob-
lems were solved. The components screened at the ven-

dor's facility and used in the flight electrical converters

proved to be generally superior to the high-reliability

components, and a much higher confidence level existed
in them.

The fabrication process was a source of numerous

problems. In general, the problems fell into several cate-

gories, with considerable overlap in many cases: (1) de-

sign changes, (2) rework, (3) scheduling and material

availability, and (4) planning changes.

Approximately 315 design changes were made to the

conversion equipment before and during the fabrication

process. These changes varied from simple drawing

corrections to extensive hardware changes, and caused

significant rework. The changes resulted from circuit

deficiencies found during tests and incompatibilities with

other spacecraft subsystems, and were made to correct

drawing errors and many electronics packaging errors.

Nearly every design change affected one or more of the

other general categories mentioned above.

E. CC&S Subsystem

The following recommendations, listed in order of

importance, would improve the existing Mariner Mars

1964 CC&S subsystem, although the accomplishment of

these improvements would require a complete redesign
of the CC&S:

. Reduction of component density to eliminate "stack-

ing," and provision of specified 3/16-in. body-to-

terminal lead lengths

2. Elimination of back-side printed circuit wiring

3. Redesign of packaging and potting techniques of
magnetic shift registers and counters

4. Provision of proper spacing for subassembly har-

nessing

. Replacement of shift registers with units having

wider margins and not requiring sensistor tempera-

ture compensation

6. Redesign of input decoder subassembly to reduce

complexity

. Redesign of magnetic counters to increase margins
so that initial test time is reduced and the need for

optimization of adjustments is eliminated

F. Data Encoder Subsystem

Some purely hardware problems were experienced

during manufacturing of the data encoder units. One,

which resulted in a 3-week delay in delivery, was a dis-

covery by X-ray inspection of subchassis connectors that

voids were present in the connector-pin solder cups. It

was found that, in order to meet the specification for

appearance of the pins, the heat applied to the pins was

kept at a minimum, which caused the voids. Because of

the possibility that the joints might fail under vibration,

it was decided to rework all connectors, using another

soldering process.

Other problems were encountered in component han-

dling and module encapsulation. Since some components

were very susceptible to handling breakage, all the parts

were coated with an epoxy compound upon receipt from

the vendor. The major problem in module encapsulation

was inconsistency of the encapsulating material between

lots. The solution to the problem was simply to take suf-

ficient time and care in the encapsulating process.
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System testing of the data encoder with the entire

spacecraft disclosed two problems. Both of these prob-

lems were due to excessive noise transients in the Space-

craft System that were unanticipated and, therefore, not

thoroughly guarded against in the data encoder design.

The first problem was the fact that the event counters

were being reset by these noise transients. The problem

was solved by deleting the reset capability of the coun-

ters by cutting the reset line in the encoder. Since the

capability to reset the event counters was only a con-

venience for ground testing, deleting the capability did

not detract in any way from the operation of the data
encoder.

The second problem was deck skipping, whereby the

commutator would skip one or several channels in a

commutating sequence. The majority of these instances

was due to the premature firing of the synchronizer cir-

cuits in the commutator. The skips were always corre-

lated with severe power transients or high-voltage arcing

on the spacecraft. Since the problem would occur only a

few times during the mission, and since correcting the

problem would require redesign and retrofit, jeopardiz-

ing the spacecraft schedule, it was decided not to correct

the problem.

The following recommendations for improvement are

based on a Mariner Mars type spacecraft, and, there-

fore, include items that could be improved on the

present data encoder design without changing the data

encoder interfaces with the rest of the spacecraft.

The most obvious improvement to the data encoder

would be to eliminate the deck skip problem. This would

require redesign of the synchronizer and clock driver
circuits.

Several analog circuits in the present design have been

in use for some time on Mariner A, B, and Venus pro-

grams. These circuits, such as the comparator isolation

amplifier and low level amplifier, should be investigated

from the standpoint of modification to use new devices.

There is a great possibility that updating these circuits

would result in a simplification that would improve

their performance and increase their reliability.

All circuits should be investigated with the purpose of
eliminating the use of parts that do not appear on the

JPL Preferred Parts List.

Dipped case capacitors in open circuitry should be re-

placed with molded case capacitors. The dipped case

units have been found to be extremely fragile. Ceramic

capacitors in the low level amplifier should be replaced

with glass capacitors to eliminate the piezoelectric effect
under vibration.

On the system level, the commutator layout should be

redesigned to achieve a better signal distribution. For

example, the present system has 70 analog channels

supercommutated through Output Switch 10, and only

16 analog channels supercommutated through Output
Switch 11.

The commutator and the channel assignment should

be studied to use the telemetry channel more efficiently

and to maximize the probability of success for each mea-

surement. This implies assigning relative priorities for

each measurement, determining a realistic sample rate

for each measurement, and assigning the channels

accordingly.

To use the telemetry channel more efficiently, a sepa-
rate commutator deck should be used for measurements

pertaining only to midcourse maneuvers. Another telem-

etry mode would be created to switch this deck into the

commutation sequence during such maneuvers.

To increase reliability of the system, another study

should be made to use any increase in weight allocation

for redundancy. For very little increase in weight, re-

suiting in a fairly significant increase in reliability,

redundancy techniques could be applied to the super-
commutation and subcommutation switches.

G. Attitude Control Subsystem

1. Gyro Control Assembly

For future designs of gyro systems with operational

requirements similar to those of the Mariner Mars space-

craft, the primary recommendations are:

1. Much tighter quality control on the manufacturer

of the inertial instruments. It is suggested that a

permanent QA representative be present at the

manufacturer's facility during all critical assembly

operations.

2. A method of proving that the quality control mea-
sures involved at the vendor's plant are really effec-

tive, such as a JPL-controlled tear-down of selected
inertial sensors from various manufacturing lots.

3. An effective lot quality control program in which

all instruments that are part of the lot from which
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the tear-down sample was picked will be rejected

if the sample is found to be contaminated.

4. Much longer lead time for the procurement of truly

Hi-Rel components.

5. When welded circuits are involved, stringent qual-

ity control measures should be placed on the com-

ponent lead material from the time the type of
component is selected.

6. Extremely high density in welded module compo-

nents should be avoided. Some loss of reliability is
involved because the module is difficult to assemble

and handle.

7. Transformer-rectifier assemblies should not be en-

capsulated with high-gain regulators. A minor but

annoying problem exists in the command current

regulator of the Mariner Mars gyro control subas-

sembly, which is caused by spike coupling and

pickup from the transformer-rectifier to the input

circuits of the current regulator. The result is a small

priority error at the regulator output. This error was
not discovered until it was too late in the schedule

to make any design changes on the module.

2. Solar Pressure Vanes

It is recommended that a non-foldable vane be used

on future flights. With a non-foldable vane, the covering

could be more easily installed and a lighter configura-
tion would result.

The amount of attitude control gas being carried on

future missions can probably be reduced, since the abil-

ity of the vanes to balance solar pressures has been dem-

onstrated on Mariner IV. Although the vanes have not

damped the spacecraft oscillations, the balancing of solar

pressure alone has resulted in a significant savings in gas.

3. Canopus Sensor

The star sensor developed for roll control of Mariner IV

has been a significant step forward in the state of the art

of attitude control devices. Inflight stability has been
excellent, and has allowed a reevaluation of short- and

long-term photocathode and electron-multiplier stabili-

ties. Power consumption of under 1 w and a total tran-

sistor count of under 15 are possible in second generation

sensors of this type. If desired, a reduction of bandwidth

in the brightness control loop can decrease flat back-

ground response by a factor of 10 or more.

Inflight commands available on Mariner IV include a

brightness gate override command, which allows a means

for the rejection of bright particles during flight. Future

spacecraft, however, must provide for satisfactory con-

trol system operation in the presence of such particles

making use of onboard logic. A means of effecting this

may be through the use of a time constant increase and

upper brightness gate inhibit when roll acquisition is

complete. Dirt particle rejection, resulting from the use

of a color recognition technique, should be avoided be-

cause of the increased sensor complexity and the uncer-

tain surface condition of the interfering dirt particles.

4. Earth Detector

For future missions, it is recommended that the Earth

detector have a telemetry channel of its own during the

initial 20 days of the mission. This would allow a much

better estimate to be made of roll position.

5. Sun Gate and Sun Sensors

It is recommended that a photodetector with a metal

enclosure and a transparent window be evaluated for

future applications of the Sun gate and sensors. This

would simplify construction and assembly of the sensors,

and would permit a reduction in weight by eliminating

the suspension of the glass enclosure by elastomer com-

ponents.

6. Sun Shutter

The Sun shutter assembly aboard Mariner IV has per-

formed satisfactorily, and has a high probability of com-

pleting a successful mission. For future applications,

however, it is recommended that several other approaches
be considered:

1. If a mechanically actuated shutter is desired, a

solenoid design with fewer parts and that does

not present formidable lubrication problems should
be used.

2. A smaller and lighter actuator requiring less power

could be used if the shutter were positioned be-

tween the sensor lens and the image dissector tube
face. Extreme caution should be exercised, however,

to prevent contamination of the lens system, which

could result in false sensor output signals.

3. A solid-state optical shutter, using glass that dark-

ens when exposed to light and clears when intense

light is removed, should be investigated. None of

the glass now available appears adequate in re-

sponse time or attenuation.
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4. A device similar to (3), except that the opaque

effect is caused by an electrochemical reaction

rather than by an inherent characteristic of the

glass, should also be investigated.

5. The star image in one axis should be defocused to

spread the Sun energy over a larger area to prevent

damage to the image dissector tube.

H. Propulsion Subsystem

Although the CG measurement and motor alignment

operations of the Mariner Mars spacecraft were very.

successful, as illustrated by the preciseness of the mid-

course maneuver on Mariner IV, several problems arose

during the program. The occurrence of these problems

leads to the following recommendations for future

programs.

Early in the preliminary mechanical design, the

method of measuring weight and CG and of adjusting

the motor should be thoroughly considered. In the

Mariner Mars program, the design of the propulsion sys-

tem's thrust plate had been frozen before the mounting

and adjustment methods were chosen. Although a satis-

factory substructure design was evolved, mounting the

motor directly to the spacecraft could have resulted in a

lighter-weight structure.

An extensive study to determine the constraints that

limit the adjustment capability of the motor should be

performed early in the program. The adjustment capa-

bility determines the nominal CG envelope, which should

be as large as possible. The substructure flown on

Mariner Mars is a second generation design. Its adjust-

ment capability is approximately double that of the orig-

inal design. No other changes had to be made to increase

the capability, since the additional translational space

already existed. Redesign of the substructure was re-

quired because analytical CG determinations showed

that the CG fell outside the adjustment capability of the
first substructure.

A conservative vernier adjustment capability should be
estimated early in the design stage to increase the allow-

able CG envelope and to determine the magnitude of

allowable offsets. The method of vernier adjustments

was developed late in the program, primarily because

the original functional requirement, which required

that the CG be within 10 mrad of the motor center line,

was too restrictive. It could not account for all possible

shifts and errors. Because corrections could be applied

directly to the maneuver turns for known offsets, the

accuracy of the maneuver could be increased and

the functional requirement restrictions relaxed. This

method essentially eliminated the need to reposition the

motor just before launch. It is recommended that the ma-

neuver turn adjustment capability be recognized early

in the design and used.

The major source of error contributing to the 2.5-mrad

pointing uncertainty from CG measurements was load cell

inaccuracy. This inaccuracy was minimized by taking

the average of reactions as measured by three instru-
ments. However, more accurate load cells should be de-

signed and used in future programs.

I. Pyrotechnic Subsystem

1. Pyrotechnic Firing Units

Recommended improvements of the pyrotechnic firing

units on subsequent Mariner Mars type spacecraft are:

1. Elimination of the inhibit PIPS motor function from

the pyrotechnic units, which can, and should, be per-

formed by the spacecraft CC&S.

2. Change of the circuitry supplying current to the

science cover solenoid to provide a step current
function rather than a short duration current pulse.

3. Reduction of the weight and volume of storage ca-

pacitors through further product improvement.

4. Improvement and expansion of telemetry instru-

mentation circuitry within the units to obtain more

definitive telemetry data.

5. Reduction of volume and weight of present units

through the use of smaller lightweight components,

and through the incorporation of more advanced

packaging techniques. It is estimated that volume

and weight could be reduced by 25%.

6. Relocation or improvement of the access ability of

the firing unit direct-access and firing-line output

connectors. The present configuration, after final

spacecraft buildup, does not permit the performance

of final no-voltage checks or of safety operations

without the possibility of damaging fragile solar

panels.

7. Development of specialized separation arming
switches.

8. Development of reusable squib simulators.

2. Pyrotechnic Arming Switch

Several problems were encountered during the design

and development evolution of the PAS. One problem
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area was the basic switch unit itself. Since it was highly
desirable to use a hermetically sealed switch, the selec-

tion was immediately narrowed to two switches. One

switch showed a susceptibility to being triggered by
reduced ambient pressures, and its use was eliminated.

The basic problem with both switches, however, was

that the total actuator arm travel was about 0.010 in. The

use of a leaf spring actuator amplified the travel to

roughly 0.080 to 0.100 in. For this application, a 0.500-in.
travel would be desirable to eliminate the need for close

tolerances between the spacecraft and the adapter. In

order to live with the small amount of travel, the arrest-

ing pad on the Agena was made adjustable and go/no-go

gauges were made to ensure the proper adjustment after
the spacecraft and adapter were mated.

The travel could be increased by using a switch with

more travel and/or a leaf spring with more deflection

per given load. As for a better leaf spring, one easy way

to obtain more deflection is by using a material with a

lower Young's modulus. Beryllium copper is fairly low

at 18 × 106 psi. Fiberglass, however, has high stress
capability with an elastic modulus on the order of

6 × 106 psi.

These changes would make the system simpler and less

prone to mistakes in adjustments. However, the present
design performed quite well with a minimum of prob-
lems. The PAS and attitude control turn-on of both

Mariner III and Mariner IV was accomplished as
designed.

Another problem encountered in the basic switch area
was that one of the microswitches in the PTM unit wore

out because of an excessive number of actuations.

Although the switch would still function, the point at

which the switch triggered changed drastically. Appar-

ently, the switch wobble frame seal has a fatigue life, and

actuation beyond that point causes erratic operation.

Attempts to readjust the switch closing position produced
only temporary results.

3. Separation-initiated Timer

The problems encountered during the developmental

program, with the exception of handling damage, in no
case resulted in improper functioning of the assembly.

Therefore, it might be concluded that the SIT achieved

its design goals by providing the required flight switch-

ing sequence. However, the following improvements
would have been worthwhile had time allowed:

.

.

.

Replacement of the silicon rubber volume compen-
sator with a gas-filled metal bellow to eliminate the

possibility of high-pressure seal leakage.

Incorporation of a temperature-compensating ori-

fice to improve timing temperature dependency.

Qualification of an extended overtravel micro-

switch to allow less critical switch adjustment and

a simplified recocking procedure.

J. Video Storage Subsystem

1. Electronic Design Changes

a. Record head driver. Head current rise time is an im-

portant factor to be considered in recording over pre-

viously recorded tape. Current rise time as great as 15%

of one NRZ bit width has little if any effect on playback

signal parameters, provided that the recording is made

on an erased or uniformly biased tape. However, the cur-

rent rise time must usually be less than about 5% of NRZ

bit width in order to record over previously recorded

data. Insufficient rise time results in the old magnetiza-

tion reacting with the new and causing playback signal

distortion, amplitude modulation, and an apparent time

shift in the pulses with respect to one another. The prob-

lem is not affected appreciably by the peak level of head

current as long as the current is sufficient to erase a pre-

viously recorded tape completely. However, it would be

advantageous to reduce the peak current level slightly
in order to lessen residual dc erasure effects. This would

yield a slight increase and better uniformity in the play-

back signal amplitude.

b. Differential amplifier. Because of performance de-

ficiencies that arose during the testing of the Mariner

Mars flight electronic modules, it seems propitious to

improve the dc balance of the amplifier. Temperature

effects are rather excessive and may be improved by

tighter control of transistor betas. The silicon alloy tran-

sistors presently used exhibit a tendency to increase beta

when repeatedly subjected to high temperatures. A pos-

sible solution might be to change the transistors to a

silicon planar type, for instance. In addition, resistor R10

should be mounted external to the amplifier module.

This method of mounting would allow amplifier balanc-

ing adjustments to be made after potting. Also, the

method currently used to mount external resistors should

be modified to one that is not as susceptible to shorts

between the mounting stud and the case, and to one in

which there is no possibility of melting the stud solder

joint while attaching external components.
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c. Channel change circuits. These circuits use a capaci-

tor energy storage bank employed in a standard relay

steering circuit. They have the disadvantage that on

short relay drive pulses the relay can hang-up in a neu-

tral state in which the steering center arm does not make

contact with either of the two energy storage contacts.

In this configuration, the circuit becomes inoperative.
These circuits should be replaced by circuits that are not

susceptible to relay hang-up such as the one used for rate

change commands in the flight data encoder. If the en-
coder circuit were adopted, the relay driver design should

be redesigned to eliminate the high-temperature leakage

problem it now has.

d. Peak detector. A change in the operating threshold

of the peak detector appears to be desirable. The extant

design requires a minimum playback signal level of

approximately 5.5-v peak to peak to operate. In the pres-

ent system, playback signal levels can and occasionally

do drop close to this point. Marginal operation of the

peak detector has been alleviated somewhat by increas-

ing amplifier gain, thereby boosting signal levels. Gain

adjustment to account for tolerance buildup and channel-

to-channel balance is an acceptable corrective measure,

but should not be used in future systems to correct for

an inherent design flaw.

One approach would be to completely redesign the

peak detector and the rest of the data restoration cir-

cuitry and, where necessary, use a concept that is not as

sensitive to varying pulse rise times and amplitudes.

Most of the problems associated with this circuitry stem

from the fact that standard logic circuits were used in

this application when custom designed circuits would

have been a much better and simpler solution.

e. Differential preamplifier. Some consideration should

be given to extending the high-frequency limit of the

pass band, because there may be some slight degradation

of the playback signal resulting from attenuation of

higher frequency components.

f. Count two and stop circuit. Several malfunctions

occurred during VSS testing in noisy environments.
These malfunctions pointed out a weakness in the stan-

dard logic group currently used, which was designed to

operate from fast rise time pulses. This is not a desirable

characteristic for flip-flops that are used in control cir-

cuits in which the flip-flops are only triggered once

every few minutes. There is a definite need for a low

speed flip-flop that is not susceptible to false triggering

on noise spikes. The present count-two flip-flops should

be replaced by circuits that are not as susceptible to

noise.

In addition, the count-two circuit should be relayed

out so that it is entirely within one subchassis. With the

present layout, noise spikes are picked up in the wiring

harness, causing false counts.

g. End-of-tape sensor circuit. This circuit and its sen-

sor proved during testing to be the most troublesome

design deficiency in the Mariner recorder system. The

defect in the operation of the circuit is that the circuit

puts out multiple pulses during the playback mode while

a slightly dirty foil is passing under the sensor. In addi-

tion, the circuit produces a false count on power turn-on
and turn-off.

A completely different approach at sensing the end of

tape should be employed on future programs, such as

using an optical sensor that operates from a reliable light

source. This approach should not be adopted until the

important effects of tape debris on optical sensors have

been thoroughly investigated.

A second approach that presently shows merit is trig-

gering the end-of-tape sensing circuitry with the leading
edge of the conductive foil and inhibiting any future

firings for a long period of time (35 sec). This approach

would cure the multiple track change problem but would

not correct the turn-off pulse problem. The circuit, if

used, should be redesigned to eliminate the false pulse.

2. Mechanical Design Changes

a. Main assembly. Flat washers underneath the cover

mounting screws should be replaced by two flat periph-
eral steel bands. One band on each cover would prevent

the kind of deformation caused by the washers becoming

indented in the surface of the covers.

b. Spring wiper assembly. A possibility exists of the felt

pad "taking a set" with time. The spring wiper arm
should have a lower spring rate to maintain a more con-

stant pressure adjustment as the pad compresses. There

is also the possibility of the pressure distribution across

the tape becoming unequal as the pad accumulates

debris from the tape coatings, which could lead to poor
contact of the foil and sensor and, also, to poor tape

tracking. A bifurcated arm would be more desirable from

this standpoint. Contact may further be improved by

forming an arc on the portion of the spring to which the

pad is bonded.
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c. Capstan assemblies. Dimensional stability of the

parts can be improved by requiring that the individual

parts be temperature-cycled and that the temperature
limits be extended.

Consideration should be given to applying a rough

chrome frosting to the portion of the capstan shaft in

contact with the tape, which should permit reduced
pressure belt tension and result in reduced head wear.

With the present design, once the final grinding of

the capstan is done, no parts can be removed without

disturbing the capstan shaft runout. This means that the

dutch cannot be worked on, which sometimes becomes

necessary, and it also means that the assembly has to be

completely removed from the transport to replace the

capstan coupling belt. The belt could be replaced more

easily if the flywheel were removed without upsetting

the runout. The assembly can be redesigned in such

a way as to lock the main bearings, shaft, and housing

in a single unit without involving the pulleys, flywheel,

and clutch, all of which can be mounted independently.

From time to time during testing, playback jitter has

shown up intermittently in one or more units. Causes

for the jitter are complex and interrelated and are not

easily separated. An approach that would eliminate a

possible source of jitter is increasing the pulling force
exerted on the tape by the capstans, which would involve

several steps: increasing tape wrap angle on the capstans,

increasing capstan diameter, increasing coupling pulley

diameters, and using a heavier cross-section coupling belt.

d. Sense guide assembly. End-of-tape sensing malfunc-
tions have occurred on several occasions as the con-

ductive foil accumulates a coating of tape debris. Useful

life before failure may be extended by changing to a

multiple slip-ring contact arrangement instead of the

present two-ring arrangement. Consideration should be

given to replacing the sensing function with a photo-
electric device.

e. Connector assembly. Tests should be made to deter-

mine whether the connector plate can be replaced with

a gold- or nickel-plated magnesium piece to which a
standard hermetic connector can be soft-soldered. This

would result in a weight and cost saving if it proved

feasible. Tests should include measurements of leakage

rate after exposures to vibration, shock, temperature cy-
cling, and thermal shock.

The pins of this connector are necessarily rigid because

of the hermetic seal. The mating connector in the case

harness is potted rigid also, which has resulted in dam-

age to the transport connector. The mating case harness

connector pins should be redesigned to allow some free-
dom of movement.

f. Pressure transducer. This component contains a
wire-wound resistance element. Resolution of the trans-

ducer is limited by this element to between 0.1 and

0.2 psia. The purpose of the transducer is to indicate, by

pressure readings taken at widely spaced intervals,

whether the recorder seals are leaking. Interpretation of

such measurements has been hampered by the poor reso-

lution of the device. A replacement should be sought,

which has a continuous film resistance element. Emphasis

should be placed on resolution and repeatability; accu-

racy of calibration and linearity are of lesser importance.

g. Shock mount. The shock mount as presently speci-
fied is the insert from a standard vibration isolator that

was selected on the basis of resonant frequency measure-

ments. In the future, special mounts should be procured

using a nonstandard mounting stud designed to reduce
the possibility of the attaching hardware coming loose.

One possible configuration would be to tap all the way
through the stud, countersinking the end normally hid-

den from view, and run a fiat head screw through to
replace the present male threaded stud. The double nut

and lockwire arrangement should be retained.

h. Electronic packaging. The electronic subchassis

packaging should be thoroughly reviewed. The present

scheme does not lend itself to repair or rework. In fact,

several of the present flight subchassis have been dam-

aged due to necessary repair and rework during fabrica-

tion and unit testing. A packaging scheme offering more

ease of module replacement should be employed.

i. Component reliability. The design of all of the re-
corder circuits should be reviewed to determine where

reliability improvements can be achieved by replacing

the present components with Hi-Rel parts. This review

should include the use of integrated circuits.

i. Shield grounds. The grounding scheme used on the

Mars spacecraft should be changed so that all shield

grounds are attached to chassis ground and terminated

at the signal source. This change would remove much of

the noise that is presently in the system.
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K. Temperature Control Subsystem

The Mars spacecraft clearly demonstrate the need

for initial thermal design flexibility to accommodate later

changes in spacecraft design and thermal requirements.

Early provisions should be made for changes in the

amount and placement of louvers, modifications to

shields, paint pattern changes, and other changes to ther-

mal control hardware. A frozen thermal design at the

completion of TCM testing would have been catastrophic

to the Mariner Mars spacecraft.

Realistic thermal test scheduling is important in ob-

taining adequate temperature control. Future programs

would benefit from scheduling TCM tests in two phases:

a preliminary "roughing in" series followed by a finaliz-

ing sequence. The interval between phases could then be

used for making flightworthy modifications to the TCM

and for updating thermal requirements. With a single

prolonged series of TCM tests, there is inadequate time

between tests to fully understand the data secured.

Spacecraft thermal design requires a basis in test

environment as well as in space environment. Many

potential test errors (such as those associated with the

solar-simulator spectrum and collimation) were avoided

by a judicious thermal design. Consideration should also

be given to the necessity of testing electronic components

in their flight configuration without the influence of

ground support equipment.

Thermal testing of each flight spacecraft is recom-

mended. Some variation in thermal characteristics among
the various Mariner spacecraft did exist, and tempera-

ture tests provided a continuous check throughout the

program for unsuspected thermal changes caused by
seemingly minor spacecraft modifications.

A continuing need exists to make electronics designers

aware of the inherent limitations of spacecraft thermal

control, particularly for components external to the

bus. Temperature control complexity is directly related

to temperature sensitivity, and can often be minimized

by proper circuit design.

Further developmental effort is required in the follow-

ing areas:

1. Development of a flightworthy stable white paint

2. Optimization of radiation heat shields

3. Development of compact, lightweight, active ther-

mal control devices for small packages

Ground handling problems should be considered in

thermal design. Lightweight thermal hardware (such as

louvers and thermal shields) should be easily replaced.

Surface coatings should be durable and cleanable.

1. Thermal Shields

The materials used in thermal shield fabrication should

be thoroughly tested for adaptation to space environ-

ment prior to use. Finished assemblies should also be

subjected to space and launch environment tests such as

outgassing, and launch pressure decay.

The tailored approach to blanket fabrication achieved

desired results only after an accurate spacecraft was

available for patterns. This method also defined the

shielding requirements in terms of handling and final

button-up procedures. Thermal control shields are gen-

erally fragile in construction and surface qualities. Fab-

rication, handling, installation, and cleaning must be

performed by highly trained technicians.

Although aluminized mylar and teflon were used ex-

clusively and successfully on the Mars spacecraft, new ma-
terials should also be considered for future applications.

2. Louvers

The Mariner Mars 1964 louver design evolved to a

near optimum status from the standpoint of weight, reli-

able operation, and ease of handling. It may be possible

to improve the thermal performance of the louvers by

using larger louvers per actuator as on OGO. Larger
louvers would reduce the heat losses due to mechanical

clearance gaps that radiate like black-body cavities. They
would also, however, degrade the temperature control

design flexibility because larger louvers make it more

difficult to reduce thermal gradients resulting from un-

even power distribution.

To use the Mariner Mars design in its present form,

three minor revisions should be incorporated: (1) chang-

ing the chassis mounting hole location and the number of

attachments (to allow the complete assembly to be re-

moved to discourage mishandling); (2) changing to a

newly introduced, nonmagnetic bimetallic material for

the actuators; and (3) improving the louver position-

monitoring transducer design.

3. Finishes and Materials

While durability was a consideration in selecting the
thermal control finish, a reasonable degree of handling
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and transport protection was also important. Therefore, a

requirement was established that adequate containers be

provided for all parts, not only for the protection of

thermal control finishes but also for the protection

of the structural and functional components of the assem-

blies. Such a requirement should be a rigidly enforced

policy for any lustre projects.

Several incidents of poor coating adhesion to the sub-

strate occurred during the Mariner Mars program. In

most cases, the defect was traceable to inadequate sur-

face cleaning prior to paint application. While cleaning

procedures were adequate for most components, the

major culprit was unexpected and undetected surface

contaminants, particularly in the form of silicones from

previous processing or testing. Since the normal surface

preparation techniques such as grit-blasting or chemical

etching are not permissible, a reliable means of detecting

surface contamination would be highly desirable for

future programs.

A paint control system was established at the begin-

ning of the program. Each can or batch of paint was

assigned a project lot number and the radiative proper-

ties of each lot were measured. Detailed process and in-

spection records were maintained for each prototype and
flight part painted. In addition, the records maintained

include many other details such as paint-film thickness

(for each coat applied as well as for final thickness), paint

viscosity, and surface preparation. While much of the in-

formation recorded might be unnecessary after the mis-
sion is completed, the records were invaluable for the

instances during the program in which questions or

problems arose. A similar system would be highly desir-

able for future programs.

The eddy current device used to determine the paint

thickness proved to be a highly useful tool. It provided

a means for ensuring that the minimum thickness for

optimum radiative properties was achieved. It also pro-

vided a guide to the technicians applying the paint for

maintaining uniformity over the entire part surface. A
device to furnish similar thickness information on coat-

ings should be mandatory on any future programs.

A problem was encountered in maintaining uniformity

and reproducibility of the coating for magnesium. In

order to ensure satisfactory properties for thermal per-

formance, it was necessary to restrict the application of

the coating to a single vendor. In addition to the prob-

lem with radiative properties, the coating did not pro-

vide as much corrosion protection as was desirable. For

these reasons, it is recommended that, for future pro-

grams, the desirability of using anodic protective coat-

ings for magnesium be more thoroughly investigated.
The thickness and, therefore, the emittance can be more

accurately controlled with this type of coating by main-

taining the proper combination of temperature, time, and

application voltage.

The metal-filled paint used for the Mariner Mars pro-

gram had undesirable physical properties and was sensi-

tive to handling damage, but, since such damage was

controllable and/or repairable, it was acceptable for the

spacecraft. It is recommended for future programs that a

metal-filled paint system be developed that is more suit-

able for overall use, since the properties of this type of

paint are frequently desirable and sometimes mandatory

in spacecraft thermal design.

There still exists the need for a white coating that is

stable to space ultraviolet and possesses satisfactory engi-

neering properties for Earth environmental handling and

reliable adhesion. Although the inorganic paint had

satisfactory ultraviolet stability, its use was restricted to

areas in which the requirements for optical properties

and ultraviolet stability justified the precautions neces-

sary to ensure adequate adherence and maintenance of

cleanliness. A relatively stable organic white coating has

been developed, which shows strong promise as a prac-

tical engineering material. (Unfortunately_ however, it

had not been sufficiently developed and tested for con-

sideration during the Mariner Mars program.) As the

technology of stable white coating development contin-

ues to advance, other coating systems may be proven and

become available that can be used on future programs.

Each application must be considered in the light of its

requirements, limitations, and constraints. There exists

no such thing as a universal thermal control coating.

Some work is being done with tape-type thermal con-

trol surfaces. This approach has several advantages to

offer, including more thorough and reliable quality con-

trol, better thickness control, and, therefore, better weight

estimating and weight control of the vehicle, simple and

rapid repair procedures, and the capability of using a

wider variety of material systems within the constraints

of coating curve temperatures. The major disadvantage of

the approach lies in the question of the reliability of the

surface adhesion, including not only the problem of

the adhesion loss but also the potential problem of ex-

pansion of entrapped gases after launch that might

cause a greenhouse effect. The application of tapes to

spacecraft compound curvatures presents another real
limitation.
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As a result of the compromises required in the design

of the lower thermal shield, a multilayer insulation

material capable of withstanding extreme temperatures

would be highly desirable.

L. Spacecraft Harnessing

Deviations from standard items specified for wire and

connectors caused difficulty in obtaining reliable compo-

nents during early stages of procurement. This was due

in part to the necessary use of new and untried processes
and materials, and in part to vendor production and QA

inadequacies in fabrication and qualification of the new

product. Problems with the modified Bendix PT-type
connector, for instance, were eventually minimized and

the electrical performanee of the flight connector was

adequate and reliable.

The Cannon D type connector, however, continued to

exhibit a number of problems. These problems ranged

from high susceptibility to contamination to loss of

pin/socket continuity because of inadequate spring re-

tention due to burrs and poor spring properties. In spite

of tight QA control of these connectors and continued

engineering liaison in attempts to improve reliability, the

connectors were, at best, marginal. Flightworthy connec-

tors were obtained only by using tests to verify adequate

contact separation force in each connector socket during

final spacecraft prelaunch inspections, and by using

especially designed sleeves to repair marginal connectors

that could not be replaced because of their location or

a time limitation. Efforts to improve the reliability of

these connectors by improvements in the present design,

by improvements in vendor quality control, or by evalua-
tion of alternate vendors should be continued.

During the early stages of the Mariner project, consid-

eration was given to the use of a thin-walled wire insula-

tion of fluorinated ethylene propylene, dip-coated with a

polyamide film, for a possible saving in wire weight of

about 15%. This wire was not used, however, because

of unpredictable and unexplainable cracking and peeling

that occurred on the coating during and after harness
fabrication.

Early procurements of the wire used on the Mariner

Mars flight spacecraft also contained such flaws as

pin holes in insulation, poorly sintered insulation, lack of

bondability, and some mechanical deficiencies. These

repetitive wire defects led ultimately to 100% inspection

of all wire for insulation breakdown, proper bondability,

and necessary mechanical properties. A faster, more

sensitive cable checker would improve in-process inspec-

tion of cables.

Installation and operational features of two areas of

the spacecraft cabling could be improved by some changes

in the design of the lower ring harness and the case har-

ness support structure. The problem with the case

harness support structure occurred in instances in which

two subsystems shared the same electronic chassis, and,

therefore, the two subsystem case harnesses were assem-

bled onto the same support structure. The two harnesses

could not be separated for bench test of the subsystem

without removing one of the harnesses from the support

structure, an operation that required such complete dis-

assembly of the harness that total electrical and mechani-

cal reinspection was recommended before reuse of the

harness. If current concepts of separate bench tests of

each subsystem are continued, the case harness support
bracket should be fabricated to allow for separation of

the two halves in order to make possible the removal of

either harness without disturbing the other.

Some problems were encountered in the installation

of the lower ring harness because of difficulties in get-

ting the harness onto the spacecraft without twisting or

distorting the breakouts away from their original loca-
tions. At best, this caused interferences and possible

strain on the conductors. A problem such as this gen-

erally occurs to a much lesser degree with all outlying

harnesses on the spacecraft, which makes it difficult to

guarantee that all harnesses are mounted similarly or, in

fact, adequately. The problem of handling during instal-
lation combined with the handling during testing and

transportation was harder on the cabling than the func-
tional environment. For instance, most conductor sizes

and insulation thicknesses are designed not for electrical

requirements but for the mechanical strength required
to withstand handling. The handling and installation of

the lower ring harness could have been improved by the

use of a support and hard-mounted connectors where

possible.

M. Science Subsystem

1. Cosmic Ray Telescope

Two major problems with the Cosmic Ray Telescope

were grounding difficulties and noise in the instrument.
Considerable time was spent with each instrument in

reducing noise to a level low enough not to affect the

data output of the instruments. Although several of
the instruments are still plagued with this problem, the
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two instruments used on the flight spacecraft were satis-

factory at launch.

XVhen the MC-5 instrument was inspected, a green

and black deposit had formed between circuits and

around the ends of soldered components on the printed
circuit boards of some of the submodules. It was found

that the substance was the catalyst from the potting com-

pound, which had been improperly mixed. The catalyst

was examined and it was decided that, although it is a

partial conductor of electricity, it would not attack the

printed circuitry or the solder. The discoloration came

from organic substances. The instrument was cleaned

with alcohol, but, because the laboratory report indicated

that there could be pockets of catalyst txapped under the

potting, the unit was rejected as a flight instrument until

it could be determined if any further reactions would
take place.

2. Cosmic Dust Detector

In future Mariner Mars type flights, three areas of

Cosmic Dust Detector operation should be updated:

1. Having Cosmic Dust Detector power turn-on coinci-

dental with spacecraft power turn-on. This would

eliminate the possibility of sensor hits, with no

power on the unit, that could cause the sensor ca-

pacitor to short.

2. A method of activating the sensor during the in-

flight calibration sequence so that the films could

be monitored during flight. (Only the film circuitry

is checked during inflight calibration sequences).

3. A provision for non-hypervelocity calibration of the

microphone while the instrument is on the space-

craft. The dropping of selected beads at various

points on the spacecraft would give better resolu-

tion as to direct sensor hits and particle size of hits

occurring on other spacecraft areas during flight.

3. Trapped Radiation Detector

Future Mariner Mars type flights would benefit from
the use of an indexed source and source holder on the

Trapped Radiation Detector. Positioning of the source in

the holder was a problem throughout subsystem and

system testing.

4. Ionization Chamber

System tests of the Ionization Chamber under simu-

lated space environment revealed two specific problems

that were considered serious in that they were discov-

ered very late in the testing schedule, and they indicated

a necessity to rework every unit.

The first problem occurred during the vacuum tests of

the MC-2 spacecraft in the space simulator. Excessive

and erratic Geiger-MiiUer tube rates were observed. The

trouble was traced to a venting problem at the base of

the tube. Local geometry allowed air to become trapped

in a small pocket near the tube base. The slowly escaping

gas allowed areas of partial pressure to form in the vicin-

ity of the tube leads, which caused them to are when the

unit was subjected to hard vacuum conditions and high

voltage (900 v). This problem was remedied by ade-

quately venting the tube base.

The second problem occurred during the MC-4 space-

craft tests in the space simulator. It was noted that at low

temperatures the instrument would not resume operation

when power was reapplied after the instrument had been

deenergized. It was determined that the power converter

oscillator would not break into oscillation at temperatures

below approximately -22"C. Although nominal mission

constraints had not required such rigorous starting capa-

bility, it was deemed advisable to safeguard against some

unforeseen eventuality. The value of the resistor that

provides bias to the oscillator transistor was changed on

all units. Current tests on typical circuitry indicate a

starting capability as low as -55"C.

Another problem that plagued the Ionization Chamber

as well as virtually all systems early in the program was

the acquisition of screened electronic components. Suffi-

cient screened components were not available on a time

scale consistent with instrument fabrication and delivery

schedules. It is recommended that future programs thor-

oughly investigate this problem. An early and accurate

definition of the magnitude and scope of the screening

effort should be made mandatory. Furthermore, adequate

support of the screening operation early in the program

is imperative in order to allow sufficient lead time. Con-
sideration should also be given to the question of

whether the personnel responsible for component screen-

ing should report to line management or to project

management.

Problems encountered in environmental testing and

system testing indicate that more emphasis should be

placed on additional safeguards for ensuring that test

equipment failures cannot damage flight instruments.

For example, thermostatically controlled ovens failed and

exceeded critical temperature limits during testing,
and vacuum systems leaked pressure (and oil) under

power failures and overheated during water pressure
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failures. All such failures damaged or jeopardized flight

equipment because of inadequate safeguarding devices

and alarm systems. Failures of this type caused consid-

erable concern and required rework of flight instruments

late in the program.

Certain radiation-measuring instruments required that

radioactive sources be temporarily placed aboard the

spacecraft for calibration purposes. On future pro-

grams, it is urged that steps be taken to provide that

the source detector geometry be absolutely repeatable

for successive calibrations. This includes ensuring that

(1) there is a unique source for each spacecraft, (2) the

source can be secured in the source holder in a single

unique position, and (3) the source holder can be

mounted to the spacecraft at a unique location and in a

unique orientation. Such uniqueness of geometry will

minimize the opportunity for human error in the calibra-
tion procedures.

5. Solar Plasma Probe

The following problems arose during fabrication of
the Solar Plasma Probe:

1. It was not possible to approve the printed circuit
board layout before artwork was started, because

it was drafted directly from the schematics and the

step of assembly layout drawings was omitted.

2. A design problem was indicated when a high-

voltage transformer failed during screening. The
bobbin design was changed and additional insula-

tion was included to prevent breakdown between

the secondary winding and the core.

3. The screening rejection rate on the high-voltage

diodes exceeded 50% by a considerable amount.

Although there was some question about the

screening procedures, it was felt that the diodes
themselves were at fault. Two other vendors were

considered, but preliminary tests indicated that

there was no advantage to be gained in changing
vendors.

4. Upon delivery of the PTM, it was found that the

peak power demand from the spacecraft was exces-

sive and that an energy storage capacitor (1500 rd,
45 v) would have to be added. Since there was no

more room inside the instrument package, it was

placed externally on the connector face of mod-
ule 32A4.

In the event of Plasma Probe redesign, it is recom-

mended that the high-voltage section be made an

integral part of the cup. This would eliminate the

troublesome high-voltage cable connector assembly and

the arcs that resulted when the assembly was placed on

the spacecraft.

The use of certain resistors should be eliminated in

this subsystem because of the excessive number of early
failures attributed to them and because of the lack of

supply sources. Some resistors are not built with an ade-

quate safety margin. Slight overstressing of these com-

ponents, particularly the lower values, caused them to

increase in value. Typical cases include: 177 f_ resistors in-

creasing to 1700 r; 5.1 k to 120 kf_; and 5.1 k to 20 k_.

6. Helium Magnetometer

The Mariner Mars mission marks the first time a low-

field helium magnetometer has been used in space.

During the development of the instrument, numerous

improvements and simplifications were suggested but

they could not be qualified in time for application to the

flight hardware. Work is now being performed on an

advanced helium magnetometer, and considerable reduc-

tion in weight and power requirements is feasible for

future missions. Any other improvements in instrument

performance and increased reliability should, naturally,

also be incorporated on future flight instruments.

The basic approach used in system testing of the Mars

Magnetometer was sound, but some sophistication of

the techniques used would allow earlier detection of sys-

tem problems. A real-time plot of the digital outputs

should be available in conjunction with analog plots for

this purpose. If the Magnetometer were mounted on a

boom and were remote from the spacecraft, a flux tank

could be used in place of the Helmholtz coil, which would

enable a reduction in steady and fluctuating fields with-

out requiring elaborate support electronics.

7. Television Subsystem

Two areas of the television subsystem are felt in need

of appropriate recommendations. One area pertains to
the items that would affect the camera system design,

mechanization, and testing before delivery to the space-
craft; and the other area relates the camera system to the

spacecraft and to the overall program in general.

a. Camera system. Assuming that an identical or simi-

lar camera system was to be built again, the following
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hardware and software should be given further con-
sideration:

1. Shutter/shutter circuit interface

2. Component derating

3. Reduction in the number of part types

4. Camera head mechanical design

5. Circuit layout to facilitate testing

6. A better match between the analog video range and

the digital video range

7. Formal subassembly test procedures to ensure uni-

formity in testing of flight units

b. Project interface. It is recommended that two addi-

tional pieces of hardware be included to be ready when

either the prototype or the engineering model is ready.

These additional units should essentially be subsystem
simulators with actual end circuits or interface circuits.

The design of these end circuits should be frozen at the

time of delivery. One of the instrument simulators should
support OSE checkout and the other should support the

DAS. If circuit, timing, or signal characteristic changes

became necessary, an engineering change request type

of document would be generated and signed by the cog-

nizant engineers affected.

The science project engineer should be made aware

of areas in which components or assemblies are particu-

larly sensitive to environmental conditions. He should

then push for early decisions regarding the specific envi-
ronmental test levels.

Problems and failures that involve two or more sub-

systems in the science subsystem should be assigned to

the science project engineer until the problem or failure

has been isolated to a specific subsystem.

Redesign should be performed so that collimator align-
ment during system testing is easier. Collimator capabil-

ity in the space chamber would also be very desirable.

8. Planetary Scan Subsystem

The maximum range at which the Mariner IV planetary

scan subsystem is capable of detecting and tracking a

planet is primarily dependent upon whether the planet

can be distinguished from the noise appearing with the

signal. Based on this design, the amount of energy
incident at the detector and available to produce the

planet signal is limited by the effective aperture area

of the optical system. A planetary tracker has been de-

signed to overcome this difficulty; it has a higher signal-

to-noise ratio because of its larger effective receiving

cross section. This tracker, with an instantaneous field

of view of 180 deg, is capable of eliminating the need for

the planet searching operation. Preliminary performance

evaluations of an engineering model indicate that it is

possible to increase the operating range by several
orders of magnitude over that of the system used on

Mariner IV. It is known that the space background noise

received by the tracker is a function of its instantaneous

field of view; however, the possibility of eliminating the

planet searching electronics and obtaining an increase in

signal-to-noise ratio is worthy of consideration.

The neon lamps used in the photomodulator posed

mounting problems because of their fragile envelopes.

Radiation emitting semiconductor devices have been

developed that can be used in place of the lamps. At

present, however, construction techniques of these de-
vices are such that the amount of radiation emitted is

small, and a large amount of energy is lost through radia-

tion scattering over 2 7r sterad. To reduce this loss, a small

fiber bundle can be used as an energy coupling medium

between the device and the photoconductor with the

photoconducting material deposited directly on one end
of the bundle.

The tracking accuracy is a function of the time con-

stant and, hence, of the "dead zone" of the system. The

use of a simply constructed ac motor, having a relatively

large time constant, produces a wider deadband of oper-

ation. For a subsystem in which higher tracking accuracy

is desired, a digital motor and the required control

electronics could be incorporated. This would also make

it possible to program the position of the planetary
instruments.

9. Narrow Angle Mars Gate

The NAMG was developed, fabricated, and fliglat-

qualified in less than 6 months. This was possible pri-
marily because very large safety margins could be built

into the performance characteristics of the NAMG, which

in turn, permitted the numerous small changes that oc-

curred in the spacecraft system to be accommodated

without changes in the NAMG.

Future uses of an NAMG could benefit materially

from several changes. First, a connector should be incor-

porated into the electronics module to avoid the prob-

lems that occurred from repeated soldering to the

terminals and from the shorting of cable shields due to
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limited clearance. Second, development and use of a

high temperature burn-in on the photoconductive cells

would allow a reduction of the sensitiviW tolerance

range that had to be allowed on Mariner, and would also

permit better screening of these parts. Third, an earlier

definition of the interface requirements would avoid the

confusion, extra components, and intereonneetions that

occurred on Mariner due to the many changes in the
interfaces.

10. Data Automation Subsystem

Vacuum deposition is used to provide the required

conductive interconnections between the pellet compo-

nents in the envelope. Three problems were encountered

in ensuring interconnection adhesion, pattern definition,

and solderability of the deposition. These processes were

completely interdependent and required simultaneous
solution.

The first step was to define adhesion by means of a

standardized tape test. The tape test was originally a tool

of diagnosis, but later proved invaluable as a process

control. Once properly defined and recognized, good
adhesion was shown to be primarily a matter of cleanli-

ness. The required cleanliness could only be obtained by

vapor-blasting. The vapor blast produced a second-order

improvement in adhesion as a result of surface roughen-

ing. Cleaning by means of solvents and vapor degreasing

were tried, but without success, apparently because these

methods failed to attack metallic oxides on the compo-
nent surfaces.

The pattern definition problem was minimized by

establishing the envelope position with reference to the

source of deposition material and by ensuring that this
position was maintained.

The original deposited interconnection material was

copper followed by gold. When dip-soldering was used

in an attempt to strengthen the deposited material, prob-

lems developed in wetting the deposited material to get

the proper thickness of solder and in amalgamation of the

deposited material by tile solder. These problems were
minimized through the use of:

1. A vacuum deposition of tin-indium solder for "pre-
tinning"

2. A nearly eutectie solder and careful temperature
control

3. Activated fluxes

4. Fountain soldering equipment to provide agitation,
dispersion of flux, and air bubbles, and to provide

uniform temperatures

5. Vacuum storage and lapsed time requirements to

prevent oxidation and/or contamination of the

vacuum-deposited surface before soldering

6. Nichrome instead of copper as the base material

There were several problems encountered with the

molding process. Epoxy adhered to the surface of

the teflon mold due to etching of the surface by the

epoxy stripper. (The force required to separate the mold

and remove the envelope sometimes resulted in fractur-

ing it.) Epoxy would creep over the pellet end caps and

the module leads. The solution to the problem consisted

of lining the mold cavity faces with a teflon tape having

a pressure-sensitive adhesive backing. The tape was re-

placed after each operation, which eliminated the surface-

destruction/mold-release problem. The teflon-tape-lined

mold provided an interference fit with all pellet compo-
nents. However, the soft adhesive backing provided a

fluid flow situation and allowed the mold to adapt to all

component heights without undue pressure on any single

component.

There were problems early in the program with the

deposition masks. The original masks were too thin and

material was deposited on areas other than those desired.
This problem was eliminated by using double-etched

masks of thicker material. A second mask problem devel-

oped due to adherence of deposition material to the

mask. This was overcome by coating each mask with a

plastic aerosol spray that was later removed with solvents.

In soldering the transistors to the envelopes, shorts
occurred between transistor leads, and solder flow under

the transistor caused shorts between circuits. These prob-

lems were solved by bonding glass-epoxy washers to the

transistor cans with an epoxy that covered the transistor

seal and formed fillets to the can and the insulating
washers.

When the DAS type-approval unit failed, most of the
resistors in the instrument showed marked decreases in

their resistance. In addition, some resistors in modules

from the MC-2 logic assemblies also showed marked

changes from their original resistances. From an investi-

gation of this problem, two possible resistor degeneration

mechanisms (silver migration and silver palladium re-

duction) were postulated; reasonable evidence supported

both theories. There was no evidence by which either
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mechanism could be excluded; thus, it was necessary to
assume that both were active.

A common denominator for the proposed mechanisms

is that both required the presence of amines at the resis-
tor surface. Exclusion of amines from the resistor surface

was proposed as a means of defeating both resistor sur-

face mechanisms. Amines can be excluded in three ways:

1. By providing a protective coating for the resistors

2. By ensuring that the entire amine content of the

catalyst is reacted

3. By changing to an alternate encapsulant

In order to protect the mission, it was decided to use a

welded non-real-time DAS instead of the pellet units.

New pellet real-time units were fabricated for flight use
in which all three remedial measures were taken. The

resistors were glass-coated, precise control of epoxy/

amine ratios was instituted, and epoxies requiring less
active amine hardeners were used.

If an identical DAS is used in another program, the
following recommendations should be considered:

1. An exhaustive analysis should be performed on the

interface circuits. Although several quick fixes were

made on the prototype model, no worst-case analy-

sis was performed during the program.

2. The high-speed flip-flops are marginal (3 to 5%)

when operated simultaneously at high speed and

high temperature. They should be redesigned.

3. Signals routed to the OSE and to other elements of

the science subsystem should be redesigned to drive

them without the use of an external amplifier or line
driver.

4. A worst-case analysis of the complete DAS should

be undertaken. The outcome of this analysis

should be to recommend specific logical mechaniza-
tion changes.

5. The wiring layout in the modules, particularly the

welded non-real-time assembly, caused excessive cir-

cuit loading and cross-talk due to distributed capac-

ity. Rerouting of this wiring should be attempted.

6. The module-to-module connections also contributed

to circuit loading and cross-talk due to distributed

capacitance. This could be corrected by using low
impedance drivers between modules and/or shield-

ing critical interconnecting wires.

The mission design was initiated with a simple science

payload that gradually grew to be very complex. Each

time an instrument is added, deleted, or has its require-
ments changed, the DAS is affected. In the Mariner Mars

project, these changes resulted in late deliveries of

flight hardware, late discovery of mechanization prob-

lems, inadequate pre-SAF testing, and serious funding
difficulties.

In any future programs, a requirement should be estab-

lished that a JPL engineer and a QA engineer be located

at the vendor's facility from the awarding of a contract
to its conclusion.

N. Operational Support Equipment

1. Radio OSE

The 2298-Mc phase-locked-loop receiver used on the

Mars spacecraft has some design limitations: it is a hybrid

system, using both tubes and solid state components; it

uses bias batteries for frequency control; it is limited in

gain, having a threshold of approximately -120 dbm;

it requires a module change to provide full frequency

coverage (for five spacecraft RF frequencies); it has poor
RF isolation, and, in many instances, actually had an RF

leakage signal from the spacecraft that was at times only
5 or 10 db down from the input signal. Use of a DSIF

equivalent receiver design, which is now available,

would provide an all-solid-state receiver that does not

use bias batteries; would provide thresholds ranging

from -142 to -152 dbm depending on APC loop band-

width; would have full frequency coverage for all

spacecraft frequencies; and would provide approximately

150 db of isolation to RF leakage signals.

The spacecraft RF power monitor gave readings of

spacecraft transmitter power output with errors up to
±1,/_o db, and other means had to be used to provide a
more accurate measurement. This unit should be rede-

signed. The 2116-Mc test transmitter presently needs a
module change to provide full RF coverage. The unit

also has limited RF power output. A DSIF equivalent

transmitter design, now available, can provide a 150-kw

RF output and has full frequency capability.

The points mentioned above for improved performance
are the major design improvements. There are, however,

several other changes that could be made for future

radio OSE in the area of human engineering. These

changes are in commercial test gear, in equipment lay-

out, and in a more automated system of monitoring and
evaluating spacecraft functions.
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2. Video Storage Subsystem OSE

Data logging facilities for bit error and system evalua-
tion should be incorporated into the OSE. This addition

would enable rapid system performance analysis.

All test points should be brought to a central switching

system (automatic or manual) thereby eliminating the

extensive external patching procedure that is presently

required.

3. Ground Handling Equipment

The large structural design safety factor was desirable

in consideration of the minor changes that occurred

after the initial design and of potential handling abuses

that the equipment might have been subjected to. How-

ever, the factor-of-2 hazard was indiscriminately applied

to heavy equipment design. For most objects over
1000 lb in weight, the hazard factor should be reduced

on a sliding scale to unity for 4000-1b items.

Particular attention should be paid to the special

system test equipment used during these tests. It was

found that the ground handling equipment had more

interfaces with this equipment than with the spacecraft.

The universal ring was made from a ring forging of
aluminum about 6 ft in diameter. It was machined to a

final weight of approximately 200 lb. After it was rough-
machined, it was oven-annealed to remove internal

stresses. It was found that this treatment was inadequate,

since the ring crept during the course of the program. The

feet that supported the spacecraft were machined to be

in a common plane within ±0.005 in. It was found after

a year that the rings had moved as much as 0.012 in. in a
5-ft diameter.

If the additional stability of a four-wheeled dolly is

not required, wheels could be mounted directly to the

three legs at the base of the U-ring and the dolly
eliminated.

The spacecraft positioner became dynamically un-

stable and easily displaced when the articulated system
CG was above the rotation axis. By tightening tolerances,
this movement was minimized. One solution to the

problem would be to install a counterbalance so the ar-

ticulated CG would never go over dead center. The

counterbalance would consist of a water tank that could

be drained when the positioner was transported.

The positioner turntable rotated 350 deg. The useful-

ness of the positioner would have been increased if the

table had been capable of rotating 365 deg.

The spacecraft U-ring should have been attached at

three points to the ground surface on the positioner turn-

table ball bearing instead of at four hoist-point locations.

This surface was not fiat or rigid enough to allow the

U-ring to be tied down at four locations. As a result,

some distortions were introduced into the U-ring.

System test cable troughs or support structures should

have been designed into the U-ring spacecraft positioner

combination to improve the functional performance and

aesthetic appearance of the system test area.

The blue paint that was applied to the ground han-

dling equipment chipped off too easily. During shipment
of one of the spacecraft to AFETR, it flaked off and con-

taminated the spacecraft. Not all of the ground handling

equipment should be painted; corrosion resistant, passi-

vated, or plated materials should be used whenever pos-

sible. If paints are required, they should be chosen to

have high adherence and durability characteristics.

O. Environmental Tests

Emphasis is placed here on deficient environmental

tests caused by such events as operator induced errors,

procedural and inspection inadequacies, and test equip-
ment failures or malfunctions. A large effort was spent

in the development of controls and procedures for test-

ing, and many of the controls and procedures imple-

mented were the result of problems uncovered. Typical

of these controls in the area of dynamics testing were:

1. Detailed operational procedure and check-off tests

for test operators

2. Vibration force limiting and fail-safe provisions

3. Interim tests for environment verification

, On-site results of PTM and STM testing for diag-

nostic assessment of the behavior of the flight

vehicles

5. Pretest checkouts of such items as fixtures, input

control and dump circuits

. End-to-end calibration of accelerometers and instru-

mentation systems, and instrumentation installation

and calibration procedures
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Table121.Summaryof problemsencountered
duringenvironmentaltests

Environment Problem Cause

Dynamic

Thermal-

vacuum

I
_r

Ionization Chamber vibration

overtest

Power subsystem vibration

overtest

Selar panel vibration overtest

PTM torsion vibration overtest

Video storage subsystem

overtest

MC-3 vibration anomalies

MC-4 vibration anomalies

Power subsystem

Plasma Probe cup overtest

Pyrotechnic control unit

Operator error

Facility malfunction

Operator error

Facility malfunction

Procedural inadequacy

Procedural inadequacy,

facility malfunction

Facility malfunction

Inspection and procedural

inadequacy

Inspection and procedural

inadequacy

Facility malfunction

Table 121 presents a summary of some of the problems

encountered during environmental testing. These prob-

lems are discussed in more detail in the following

paragraphs.

In spite of the controls established, some of the prob-

lems could have been easily avoided by the further

tightening of maintenance, inspection, and procedural

activities; some, however, could not have been avoided.

Such items as those considered design deficiencies or

oversights are unavoidable in a program as complex as

Mariner Mars 1964, and should be anticipated in future
development activities.

I. Dynamic Environments

Some of the significant problems encountered as a

result of dynamic testing originated from both system
and subsystem level acoustic, vibration, and shock tests.

a. Ionization Chamber vibration overtest. During the

FA vibration test of a flight Ionization Chamber, an

overtest of short duration occurred. After the first plane
of vibration, it was discovered that some of the bolts in

the vibration fixture had only been installed "finger
tight." It was estimated that the Ionization Chamber saw

an input of 18 grms. To demonstrate that the flight unit
was unaffected by the overtest, the TA unit was retested

with the same fixture configuration (bolts in finger

tight). The overtest condition was repeated in the same

frequency spectrum, during the sine sweep, and to the
same degree. Based on this test, the conclusion was

drawn that the cause of the overtest had been the im-

properly assembled fixture, and that the TA retest had

satisfactorily demonstrated the flight unit to be un-
harmed by its overtest.

b. Power subsystem vibration overtest. Power subsys-

tem Case i was subjected to an overtest during vibration.

During the sine sweep, the rms level rose to 21 g at

approximately 1920 eps on both upsweep and down-

sweep. Investigation indicated that the fixture was faulty

due to a warped slider-plate surface. This test was

recorded on an rms strip chart recorder rather than on

magnetic tape.

Because of the loose and faulty fixture used as the

sine wave excited the resonance of the flaw, a pounding

action occurred and a wideband response resulted.
Although only rms data were obtained, the overtest is

considered to have been a wideband phenomenon con-

sisting of "qaash" at all frequencies. However, it is very

doubtful that this overtest could have damaged the flight
equipment.

c. Solar panel vibration overtest. During FA vibration

testing of a solar panel, the panel was erroneously sub-
jected to the Ranger FA test specification levels. The

panel easily survived the test; however, a tightening of

testing and liaison procedures was effected, requiring

closer monitoring of environmental tests by the JPL tech-
nical division involved.

d. PTM torsion vibration overtest. During the TA tor-
sional vibration tests of the PTM, an overtest of short

duration occurred. While performing the fast torsional

sine sweep (150 to 50 cps), failure of the torsion test

fixture resulted in a "hammering" action that caused

high-frequency/high-amplitude inputs to the spacecraft.

The failure mode of the fixture was noted by a loosening

of the wing connector to the bowl because of faulty in-
serts, which caused the drive link between the fixture

and the vibration exciter to fail.

The specified input to the vehicle was exceeded to the

extent that two specific questions were posed: was

the input (less the failure effects) near enough to nominal

that the test objectives were met, and what were the

effects of the other (non-nominal) inputs?

1. Realization of test obiectives. The test objectives

appear to have been met. Figure 446 shows a line
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Fig. 446. Mariner Mars PTM (line spectrum)

spectrum analysis of a tangential accelerometer

with the desired input included. The peaks repre-

sent spacecraft and adapter torsional responses that

would not be seen at the input to the fixture. A

comparison of phase between two opposite tan-
gential accelerometers indicated that the input was

indeed torsional in this frequency range.

. Effects of non-nominal inputs. The broken fixture re-

suited in a hammering that caused high-frequency/

high-amplitude inputs to the spacecraft. Figure 447

shows these inputs for the transducer. The inputs

are most probably not torsional but rather just

"ring-out" of the fixture. The data show the hash
that would be expected from the hammering and

the well-defined spike at 850 cps that would be ex-

pected from a fixture ring-out. Comparing a radial

accelerometer and a tangential accelerometer at

1 ft g indicates that the fixture was "breathing" and

the open circular top became ellipsoidal. In light of

the time history of the run, and with the assumption

that similar conditions existed during the first five

runs, this condition probably existed for a total of
about 2 sec.

The PTM received a low-frequency torsional input

that was in excess of the test requirements but not con-

sidered to have inflicted any vehicle damage. The tor-

sional test requirements were considered to have been

met. The spurious high-frequency hash of the fixture

failure was of a relatively high magnitude, but was no

more severe than other tests. The spike was extremely

severe in amplitude but did no apparent damage.
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Fig. 447. Mariner Mars PTM (test No. 27)

Subsequent retesting of the PTM was accomplished to

prove, beyond question, that the vehicle's integrity was

adequately demonstrated for torsion.

e. Video storage subsystem overtest. The video storage

subsystem was subjected to excessive acceleration shocks

during TA testing. The overtest was experienced in the

third test plane. The operator did not recalibrate

the shock tester before the third plane test. For the test,

the shock fixture holding the VSS was turned up on one

end. During the first test in the plane, the trace indicat-

ing the shock level went off the scale of the instrumenta-

tion scope. It was decided to bring the shock level down

by changing the initial position of the shock tester sled.

During the next test in the plane, the trace stayed on the
instrumentation scope but indicated a transmitted shock

in excess of 700 g peak to peak. The operator reposi-
tioned the sled and conducted another test; the indicated

shock acceleration level was 20 to 50 g higher in that test

than specified. The fourth and fifth shock tests in the

third plane appeared to be normal.

Although the video storage subsystem was apparently

not harmed by the anomalous overtest, its occurrence

pointed out the need for:

1. Specific operational procedures for shock testing
and calibration of shock testers before each testing

plane
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2. Closer surveillance by JPL Quality Assurance and

Reliability personnel to ensure compliance with
written procedures

f. MC-3 vibration anomalies. During the low-level noise

test in the roll axis and in the first lateral axis, a loud

popping noise occurred. The noise was subsequently

determined to have been a 2 a spike (11 g peak) in the

tape input spectrum. Such a magnitude is a rather normal

occurrence in these tests, since it is possible to obtain

occasional levels as high as 15 g peak. However, this par-
ticular spike occurred very near the end of the run,

when the overall rms level was dropping. It was con-

cluded that the combination of the "falling off" of the

overall level coupled with the spike produced a sound

characteristic of a tape dropout; hence, the loud "pop-
ping" noise. This condition was corrected for the second

lateral axis test by effectively erasing the spike from the
tape spectrum. There was no evidence to indicate that

the environment attendant with this anomaly produced
any undesirable effects on the spacecraft.

During the test series, the failure of a booster amplifier

in the vibration exciter system generated a spurious in-

put to the vehicle. This input (a sine wave of approxi-

mately 1 g rms amplitude at 60 cps for a duration of

somewhat less than 15 sec) occurred during the noise
calibration portion of the FA test. An examination of the

power spectral density plots from the previous tests, indi-

cated that the failing amplifier had been generating

60-cps noise components for some time. It was conserva-

tively estimated that the total environment produced by

this testing anomaly was 0.9-g peak at 60 cps for 120 sec.

The anomaly subjected the MC-3 vehicle to higher

levels than TA levels (PTM lateral levels at 60 cps,

although 1-g peak are of significantly shorter duration).
This spurious signal is probably the cause of the some-

what lower test levels observed during the XY Bay II

axis noise test, since it is presumed that the amplifier

was generating 60-cps noise as a significant portion of
the calibration level. After the detection of the fail-

ure, the amplifier was replaced; hence, there was no

effect of the noise signal during the last axis test.

There was no evidence to indicate that the testing

anomaly degraded the MC-3 spacecraft. It was planned

to retest the PTM to levels and time durations of 60-cps

vibration substantially in excess of the imposed testing
anomaly, but the plans were not executed before launch.

g. MC4 vibration anomalies. During the equalization

verification sine sweep in the XY Bay II axis, an incident

occurred in which the vibration exciter system experi-

enced a momentary instability resulting in loss of servo
control. This event occurred about 0.05 sec after the

vibration exciter gain had been increased to 1_ g rms.

The resultant anomaly, although not recorded on mag-

netic tape (only on direct-write oscillograph), is con-

servatively estimated to have produced an input to the

spacecraft of approximately 1.3 grms at 150 cps for

about 2 sec. This input compares with a PTM lateral in-

put of 1.25 g rms. Although the spacecraft was subjected

to a TA-level input at this particular frequency in this
axis, subsequent investigation indicated that the struc-

tural reliability of the MC-4 vehicle, and specifically the

MC-4 solar panels, was considered to be unimpaired as
a result of the overtest.

A severe transient occurred during FA testing in the

XY Bay II axis approximately 9 sec after the start of

the calibration portion of the noise test. Due to the fail-

ure of a vacuum tube in the tape playback demodulator

circuit, a transient similar to a tape dropout occurred.

The transient was repeatable on the tape system in the

vibration console and apparently resulted from a par-

ticular signal sequence on the tape, since no tape dropout

was detectable on other playback systems. The tape sys-

tem playback amplifier/demodulator was replaced and

the noise tape was replayed 12 times through the section

in which the transient occurred. No events of signal tran-
sient were detected.

The observed transient was analyzed, using shock

spectra, and compared to similar shock spectra from
spacecraft pyrotechnic, V-band, and shroud V-band re-

lease tests (Fig. 448). An examination of the spectra
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indicated that the test anomaly was not as severe as the

transient responses due to spacecraft V-band firing.

Therefore, it was concluded that the environment pro-

duced by the observed transient could be considered

insignificant compared to the effects expected from the
pyrotechnic events.

No evidence exists currently to indicate that the envi-

ronments attendant to any of these testing anomalies

degraded the MC-4 spacecraft. The vehicle experienced

no significant systems test anomalies or mechanical/

structural problems.

2. Thermal-vacuum Environments

a. Power subsystem. During the FA thermal-vacuum

test of power Case I, the unit was subjected to -30°C
for 2 hr. As a result, the chamber cold-wall temperature

process was modified. The power subsystem is not

known to have experienced any degradation as a result
of this environment.

b. Plasma Probe cup overtest. During the FA thermal-

vacuum test of the Plasma Prob_ cup, the high tempera-

ture test was erroneously conducted at the standard

specification TA temperature of 75 °C. The flight worthi-
ness of the cup was not considered to be impaired, since

the cup TA test was performed at 125"C.

c. Pyrotechnic control unit thermal-vacuum testing.

During TA testing of the pyrotechnic control unit, a

significant problem was encountered with the testing

facility in its ability to control the temperature environ-

ment. The unit had satisfactorily completed the cold-test

portion of the thermal-vacuum environment when it was

exposed to an anomalous environment in the hot-test por-
tion of the environment.

Approximately 41f- hr after the start of the 12-day high

temperature test, the chamber heating valve failed. The
valve was repaired with the test unit still in the chamber

and the test was restarted. Shortly thereafter, the valve
failed again and was replaced. When the test was re-

started, temperature was lost again in about 5 hr. The

test was begun the third time, and was continued for

approximately 5 days at which time temperature control

again became erratic. After a fourth try, the test was

stopped.

After correcting the problems with the facility, the TA

unit was subjected to another 12 days of testing at 167°F

and 10-4ram ttg with satisfactory results. At the present

time, the TA unit is in life test, having completed some

4000 hr at 1450F and 10-_mm Hg satisfactorily. It ap-

pears that the pyrotechnic control subassembly was un-

affected by the anomalous test environment.

3. Magnetics

Vibration testing had a significant effect on the mag-
netic characteristics of the materials used in the space-

craft. Several studies of this problem were made and, as

a result, it was found that two of the vibration exciters

had sufficient magnetic fields in the area of the object

being vibrated to cause magnetic perming of the ob-

ject during the test. This problem was most evident in

the case of the solar panels, which were permed due to
flexure of the Kovar bus bars when the panel was vi-

brated normal to the surface. The solar panels were

subsequently depermed following the vibration tests; the

deperming resulted in a reduction of the magnetic field

to less than I y.

The only solutions to the problem in the absence of

nonmagnetic vibrators appear to be (1) a restriction on

the use of the offending vibration exciters to test assem-
blies with magnetic material; (2) the reduction of mag-

netic material and components in the spacecraft; or (3) a

subsequent deperming of the assembly.

4. Other Problems, Overtests, and Anomalies

Tables 122 through 124 present other occurrences ex-

perienced during the Mariner environmental test pro-

grain. This listing was compiled from problem/failure

reports, test reports, internal reports of the affected JPL

teehnical divisions, and discussions with their appro-

priate representatives.

5. Recommendations

On the basis of the problems discussed in this section,

the following recommendations are proposed.

a. Dynamics. During the testing portion of the Mariner

Mars project, the vibration requirements were reviewed

in terms of the rationale by which the specification levels
were established. These levels were based on inflight vi-

bration data observed on Ranger flights and on some

appropriate wind tunnel tests and auxiliary calculations.

The spacecraft acceptance levels were established by

generously enveloping the 95 percentile probability level

for 50-cps incremental bandwidths; thus, Mariner Mars

test levels limited to 5% the possibility of exceeding

Ranger inflight measurements in any particular band-

width and independent of other bands. Establishment

of the TA levels was accomplished by scaling upwards
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Table122.Environmentaltestequipmentor facilitymalfunctionduetooperator
errorandproceduralor inspectioninadequacy

Solar vane and

solar panel

System or

subsystem Environment Remarks

Vibration

Data encoder

Cosmic Ray

Telescope

Radio

r

Thermal-

vacuum

The accelerometer cable connector was

loose, causing the servo control system

to become unstable during low-frequency

vibration. Inspection was tightened.

The FA test tape was run on the TA com-

plex wave vibration test. Procedures

were tightened, prohibiting tests with

out detail test specification.

The instrument was not properly secured

to the vibration fixture during TA

vibration. Screws backed out because

of improper torquing.

Radio Case V was installed in the chamber

backwards and technicians connected

the control thermocoupler to the wrong

heat exchanger. Audio alarms were

installed in all systems, which would

indicate a high- or low-temperature

condition. Additional installation

procedures were released. The installa-

tion of test units in vacuum chambers

by technical division personnel has

System or Environment Remarks
subsystem

Radio

System cabling

Test equipment

Thermal-

vacuum

!

been restricted, unless closely monitored

by test personnel.

Improper installation of thermocouple

leads damaged the radio subsystem dur-

ing FA tests. The problem was partially

caused by fatigue of personnel. Detailed

procedures were issued.

The 25-ft test chamber was opened and

exposed to room conditions before the

exhaust lines on the contamination plate

had reached temperatures above the

atmospheric dew point. Therefore, water

vapor in the air condensed on the cold

surfaces and ran into the feedthrough

connector. Thermocouples were placed

at the inlet and exhaust lines inside the

chamber.

The pressure gauge did not indicate loss

of vacuum and the line was opened to

the chamber, which caused a pressure

rise. The pressure interlock on the

vacuum line was being repaired during

the test and the line was vented to the

atmosphere. The corrective action was to

prohibit equipment repairs during the

test. A vacuum interlock was installed

all STC power.

so that the ratio of the TA to the FA tests was approxi-

mately 5 to 3. For the subassemblies, the specifications

were altered from those prescribed at the system level
to account for the transfer function of the structure.

Uncertainties were encountered because of the fol-

lowing items:

1. At the time of the establishment of the levels, no
vibration measurements had been obtained inside

any inflight spacecraft. In addition, there was no

flight data for the Mariner Mars configuration, and

analysis indicated that the shroud shape would
strongly affect the vibration characteristics.

2. Although the overall rms value of the observed

launch vehicle inflight vibration has been quite

similar from one flight to another, the spectrum is
known to be variable.

3. Testing of the vehicle on the ground is grossly af-

fected by the fixture transfer characteristics that

modify the input spectrum.

In consideration of the above uncertainties, it appears

necessary that steps to cope with these difficulties be

taken in such areas as the following:

1. A large effort should be expended to obtain in-

flight vibration measurements both from inside the

spacecraft and on the launch vehicle. Work in areas

such as wind tunnel analysis and acoustical testing

of the spacecraft should be emphasized in order to
better understand the manner in which the mecha-

nism of vibration is affected and how it is trans-

mired into and throughout the spacecraft.

2. From a statistical standpoint, a considerably better

simulation should be sought. It is known that the

inflight vibration is neither periodic nor stationary,
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System or

subsystem

Radio

Solar vane

actuator

PTM

CC&S

Radio

i Space simulator

Table 123. Environmental test equipment or facility damage

Environment

Vibration

!

Thermal-

vacuum

Remarks System or
subsystem

The mounting holes in the vibration fix-

ture were not deep enough, and screws

bottomed and damaged Case VI. Stan-

dards for hole depth and mounting

screws were established.

The vibration fixture did not support the

output torque assembly as it is supported

in flight. The output arm assembly was

weakened.

The high-pressure pump used for lubrica-

tion of the bearing on the torsion oil

table generated a spurious signal. The

test was performed with the pump on

low pressure and with the bearing not

lubricated. The situation was' corrected

during checkout before mounting the

spacecraft on the test system.

Loss of vacuum in the 25-ft space chamber

caused the CC&S to count fast. There

was no damage to flight hardware.

The coolant valve on the vacuum chamber

froze open. A heater was installed on

the vacuum chamber.

After pumpdown, the chamber door had

more leaks than there were clamps avail-

able. Chamber pressure was reported to

be rising. A high-pressure alarm was not

connected, and the test director was not

apprised of the potential pressure rise.

The door was improved as part of the

25-ft chamber modification and an

alarm system was connected.

Canopus sensor

Radio

DAS

Test gear

Test equipment

Test power

Environment Remarks

The problem was found to result from a

faulty temperature control system.

During the temperature test of the radio

subsystem, a temperature drop from

131 to 32°F was experienced. A faulty

relay was found and replaced.

High vacuum was lost for approximately

20 min due to accidental shutdown of

the primary cooling water supply. In no

case did the Bell-jar pressure exceed

1×10 _.

Oil from the crane dripped on the space-

craft. The crane oil seal leaked. The

crane was cleaned and the seals were

replaced.

Ground loops occurred between the 25-ft

space simulator and the STC as the result

of a building contractor error. The OSE

feeder transformer neutral was con-

nected to the building ground system.

A power failure occurred in the vacuum

laboratory during the cavity amplifier

test. One leg of the 480-v transformer

overloaded. Current monitors were in-

stalled on all legs of the transformer

to balance them.

A 480-v power failure occurred in the

vacuum test area. Maintenance electri-

cians working on the trailer caused a

short in the circuit, which was tempo-

rarily common to the trailer and to the

test area bus. The 480-v circuit was

removed from the trailer modification

area.

but rather in the grey area of transient, nonstation-

ary processes. Investigations into this problem could

possibly develop more realistic and somewhat less

conservative simulations and techniques.

3. To compensate for fixture problems, such tech-

niques as multiple vibration systems and flexible
fixtures should be studied in order to increase the

dimensions in which the vibration testing technique
can be controlled.

Function of qztality (tssurance and reliability in envi-

ronmental testing. The significant problems and overtests

previously discussed accent the need for the introduction

of QA engineering into the environmental testing pro-

gram. It would appear that the introduction of the QA
function covering the areas below would be quite effec-

tive. Documentation monitoring should consist of:

1. Verification of accuracy of test results, summary

forms, and reasons for retesting flight hardware

2. Verification of test specifications and applicable

waivers, reference designations, and serializations

3. Verification of prol)lem/failure report accuracy

4. Generation of test statns and anomaly reports, as re-

quired, and of reports on testing that do not comply
with applicable specifications and/or waivers
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System or

subsystem

Power Case I

PTM

CC&S OSE

Squibs OSE

Table 124. Other problems and malfunctions

Environment

Vibration

_v

Remarks System or
subsystem

An error occurred in equalization during

FA vibration testing at the vendor's

facility.

Attempts to equalize the vibration system

failed. Extensive evaluation of the

vibration system revealed an instability

of the X-axis drive signal from the sine

oscillator to the X-Y recorder and,

later, stability problems in the recorder.

The booster amplifier generated a

spurious beating signal during the

equalization sine sweeps and noise cali-

bration portions of the test. The space-

craft was not affected, but test

objectives were not realized due to the

effect of these problems on the schedule.

rhe magnetic shield used to protect the

CC&S from the vibration exciter field

during vibration shorted the CC&S

28-v power to the chassis. Insulating

material was provided to prevent

shorts from the magnetic shield.

test circuit malfunction occurred.

Improvements were made in the circuit

to eliminate transient responses and to

ensure a proper signal to the squibs.

Gyro control

assembly OSE

RF exciter OSE

Scan subsystem

OSE

Command OSE

Environment

Vibration

Vibration

MC-4
Ir

Thermal-

Vacuum

I

Remarks

During FA vibration testing, the operator

tripped over the power cable, which

caused a loss of capture on all gyros. The

power cables were taped to the floor.

The FA test set exciter showed phase spikes

during and after vibration of the RF

communication assembly. Blower

capacity was increased to reduce heating

in the FA test set.

Transients were introduced by test equip-

ment during TA high test. These tran-

sients caused scan reversals without

hitting the limit switches.

Noise "glitches" were induced on cables

connecting the OSE and flight sub-

system, which caused the OSE to indicate

incorrect reception of commands when

in the vacuum chamber. The cables

were shielded.

A thin film of thiolate ester was deposited

onto the cold surfaces of the spacecraft

and onto the simulator contamination

plate during the vacuum system test on

MC-4. Most spacecraft polished surfaces

were required to be recleaned. The

problem was not attributed to the

25.ft space simulator.

Test monitoring should consist of:

1. Verification of the use of the proper equipment,

fixtures, and instrumentation for measuring or moni-

toring the environment

2. Verification of correct procedures for test units, in-

cluding procedures for proper installation of fixtures

and hardware, specifically for dynamic environ-
ments

3. Verification of calibration of support instrumenta-

tion, stress levels, and the detailed compliance to

the applicable test specification

4. Monitoring of an instrumentation calibration pro-

gram

5. Verification of operating time in a particular envi-

ronment, specifically failure reporting

Subsystem shock testing. The shock test program for

subsystems was performed primarily from the standpoint

of producing a certain specified transient. However, in

most instances of subsystem testing, it was not known

what the specific transfer functions within the individual
subassemblies were and what a correlative response

characteristic would be. Therefore, it appears desirable

to monitor the specific responses of each subsystem dur-

ing shock tests and at the same position during the full

scale tests. This information could then be directly cor-

related to the environments measured during such events

as pyrotechnic firings and separation transients.

Low-frequency transient testing. The laboratory re-

sults observed during the high-gain antenna thermal-

vibration tests produced only moderate agreement

between the antenna structural response to the swept

sine and the decaying sine transient. In order to achieve

accurate transient waveforms in the laboratory, it ap-

pears necessary to require further refinements of the

testing technique. Further development of this approach

also appears worthwhile since it more closely approxi-
mates the thermal-vibration environment during boost.
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The technique presently employed for structural integ-

rity demonstration uses swept sinusoids and generally

results in overly conservative testing. This is due mainly

to: (1) the use of large safety factors to establish the
swept sinusoid equivalent for a transient impulse, and

(2) a lack of detailed knowledge of the dynamic response

characteristics of a particular structure at the time when

the test specifications are established. As a result, space-

craft structures appear to be considerably heavier that

the boost environment necessitates, and it would appear

that large savings could be achieved on future programs

by developing the transient testing technique. The corol-

lary to this problem is the development of the tools and

techniques necessary to design and analyze for transient
loads.

Improved fixture design. To develop more realistic

simulations during the ground test program, additional

effort should be directed to the study of the fixture prob-
lem. Vibration fixtures should be controlled and defined

by the normal engineering drawing practice. It appears

mandatory that a definition be made, at an early date in

the program, of specimen attachment points and the loca-

tion of hard-mounting points for control accelerometers

for all vibration axes on the fixtures. The design of the

fixture should reflect attempts at minimization of cross-

axis response, with a goal of a maximum response of 1 db

below 1000 cps and 3 db between 1 and 2 kc. For speci-

mens with multiple mounting points, the design of the

fixture should strive to maintain input acceleration

amplitude ratios from point-to-point of +3 db below

1000 cps and ±6 db in the range of 1 to 2 kc. Individual

fixtures should be thoroughly evaluated before the test-

ing of any prototype or flight hardware. It is suggested

that reasonable dynamic mockups be employed during
such an evaluation.

Improved equalization techniques. The present equal-

ization system at JPL uses a long established approach
to the problem of equalization techniques; that is, low-

level sinusoidal excitation of the system and careful

manipulation of several peak/notch filters in the signal

path that have adjustable center frequencies, amplitudes,
and Q. An attractive solution to the problems associated

with this system would possibly be the use of automatic

equalization equipment and/or multiple-input vibration

exciter systems. This, then, could compensate to some

extent for system nonlinearities, structural failures,

component malfunctions that change equalization, the
elimination of high Q unequalized resonances, and better

controlled test inputs. However, before this recommen-

dation can be implemented, considerable in-house work

must be accomplished.

Improved shock test techniques. In order to more ade-

quately simulate the staging transients associated with

the flight environment, the use of electrodynamic vibra-

tion exciters for producing the desired shocks appears

attractive for future programs. A prerequisite to the use

of these exciters, however, should be a study of the

actual staging inputs.

Dynamic modeling of spacecraft. While dynamic mod-

eling was not of particular significance to a program like

Mariner Mars (largely because of the spacecraft relatively

small size and weight) the anticipated size of future

spacecraft would indicate that some work should be

initiated now on studying the scaling effects of very large

complex structures and the testing techniques to be used.

Margin demonstration and/or testing to failure. Due to

the present state of the art in estimating vibration envi-

ronments, and the fact that future programs will be faced

with the same problem of prescribing qualification test-

ing levels at early dates with little available information,

it appears highly desirable to strive toward a failure test of

the prototype vehicle early in the program. Such a test

should show just what design margin actually exists. It

would be invaluable to know just how much inherent but

untested margin there is in a typical design if the need

for trade-offs arises late in the program. Such an occa-

sion arose in the Mariner Mars program when the shroud

configuration and structure were changed without really
knowing what effect the change would have on the

spacecraft environment. There was a general feeling

of safety, which was based on speculation and past his-

tory, and the spacecraft/shroud vibration and acoustic

tests were completed, although time did not allow rerun-

ning the complex tests. Had the design margin been

known at that time, change-over could have been ef-

fected more confidently. Weak links in the chain would

have been immediately pointed out, and, depending on

the margin demonstrated, could have been changed or

redesigned at a stage in development when such tasks

are easily accomplished.

In consideration of these factors, a demonstration of

margin, by a test of failure, appears to be a highly desir-

able engineering tool.

b. Thermal-vacuum and temperature control. At the

completion of the TCM testing, and as a result of tests
of the PTM and the flight vehicles, it was noted that

the temperatures measured within the spacecraft often

necessitated changes to the spacecraft thermal config-
uration, louvre locations, and thermal shield design. This
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type of change (continuous throughout the project) could

perhaps have been curtailed if the TCM tests were per-

formed at a very early date and in two phases.

Test phases should consist of a preliminary roughing-in

series followed by a finalizing sequence for the demon-

stration of adequate spacecraft thermal design. The in-

terval between such tests could be used to update the

TCM and analyze the data to determine what additional

information was needed or desired. The experience of a

single prolonged series of tests on Mariner resulted in

several compromises in thermal design that possibly
could be eliminated.

Stray light testing. The stray light reflectance testing

proved a necessity for the assurance of the proper opera-

tion of the light sensitive sensors. Although seemingly

isolated (according to layouts and having information

about individual sensor light reflecting capabilities)_ it
became apparent that, when joined together in the final

spacecraft assembly, the information at hand fell far

short of estimating primary and secondary reflected

light sources. The use of the stray light reflectance tests

on the Mariner Mars program was informative, and its

application for future programs should be considered

early in the design stage. In addition, these tests yielded

conclusive evidence of the necessity for a closer look at

both sensor design and location for future configurations.

Launch pressure pro[iIe simulation. While pressure

decay ratios during the pumpdown process of space

simulation testing were reasonable, they were by no

means an actual simulation of the launch pressure pro-

file. It is suggested that appropriate steps be taken to
produce an adequate, if not more conservative, simula-

tion of the launch pressure profile.

c. Electromagnetic interference. At an early date in the

formulation of spacecraft specifications, the electromag-

netic requirements should be firmly established. The

requirements imposed on the spacecraft should include

the EMI practices discussed in the following paragraphs.

In general, it is suggested that one of the first tasks should

be the generation of EMI design guides. The guideline

subiects that could be written are (1) preferred wiring

layout, (2) decreasing susceptibility to electrostatic dis-

charge, and (3) RF susceptibility suppression.

Environmental susceptibility test. The primary recom-
mendation to improve the future performance of this test

is that it not be attached to other spacecraft tests on a

noninterference basis. Sufficient setup, performance, and
evaluation time should be allotted for the test.

The RF susceptibility test could be improved by the

construction of a test facility in which the simulated RF

environment could be repeated with a high degree of

confidence. Such a facility is envisioned as being a

chamber lined with RF absorbing material. (Reinforce-

ment or cancellation of RF waves cannot be predicted

or calculated in a test facility such as SAE) The space-

craft should be brought to the test facility and placed in
the same orientation for each test. The antennas used

for the RF simulation should be placed at permanent

locations in the chamber and the RF generators should

be installed in an adjoining room. The spacecraft support

equipment should be set up in a separate room. Safety

to operating personnel would also result from the use of

such a facility, if the simulation sources were increased

in power level.

The simulation equipment used for this test in the

future should be capable of providing a realistic envi-

ronment that would include the peak power levels,

repetition rates, pulse widths, and other modulation
characteristics.

Transient tests. An RF testing program to demonstrate

RF compatibility is recommended for spacecraft and

support equipment subsystems. Each spacecraft and sup-

port equipment subsystem or unit should also be sub-

iected to a voltage transient test. (Military specifications

exist that call out such a test for some military systems.)

To carry out a transient voltage test program, the first

phase of the work should be the definition of the tran-

sient characteristics. Perhaps a study of the wave shape

and amplitude of transients that occur on spacecraft

systems should first be studied. Theoretical transient

voltage levels occurring during power line switching of

spacecraft or launch vehicle circuits, electrostatic dis-

charge, and other possible causes would also help deter-
mine the test transient levels.

The second phase of the implementation of the tran-

sient test should be the design and/or procurement of

transient generating equipment. The third phase of the

project should be the actual tests on subsystems after

specifications are written defining the points at which

the system wiring is to be tested and the test level to

which the points are to be subjected. The final phase

should involve the corrective action necessary to eliminate

susceptibility to the impressed transients. An EMI engi-
neer should participate in the design and review of the

corrective action. His participation would be significant
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because it would provide the only continuity of the cor-

rective efforts performed on all units. The corrective

action should be similar or concurrent with any RF cor-
rective measures.

Electrostatic charge. Guidelines for the design of

spacecraft equipment should be established at an early

date to avoid problems caused by the breakdown of

accumulated charges on a launch vehicle. The guidelines

should emphasize integral shielding and no gaps should

occur on all circuit elements and/or cable shielding with

multiple grounding.

Type-approval tests of a spacecraft system should be

performed to demonstrate that voltage discharges will

not degrade the performance of spacecraft electronic

circuits. A determination of the magnitude of charge

buildup and voltage levels on the launch vehicles should

be made. This investigation could include the design of

experiments to be flown on launch vehicles to determine

the various parameters.

Subsystem RF interference tests. It should be required

that flight equipment and support equipment be tested

for radiated and conducted interference and susceptibil-

ity. The RF levels should include those to be encountered

at the launch complex and after shroud ejection with a

sufficient margin of confidence to ensure that the equip-

ment operates properly. The test program should be per-

formed on early model flight and support electronic

equipment. The corrective action taken to eliminate sus-

ceptance or radiation should be part of the test program.

An EMI engineer should participate in the design of the

corrective action. His participation would be significant

because it would provide continuity of the corrective

efforts on all faulty equipment.

It should be a requirement that all support equipment
consoles have RF filters and isolation transformers on

the power leads to suppress the RF interference on the

test complexes.

Before an RF subsystem interference test program is

initiated, the test requirements, test techniques, test equip-

ment, and facilities should be specified and developed.

RF broadband noise and discrete spectral components.

It is recommended that the following steps be initiated

to determine whether the communications system will be

degraded by RF interference originating in spacecraft or

support equipment. These steps should be executed early
in a spacecraft program.

. Determination of the permissible noise levels in
the receiver and transmitter bandwidths of both the

spacecraft and the operational support equipment

. Determination of what type of noise measurement

equipment could best be used to make noise mea-

surements to the limits determined in (1)

. Development of specifications for test equipment

that would be required to measure RF levels at

receiver inputs

.

,

Building or procurement of the noise measurement

equipment

Writing of test plans with as much detail as possible

at an early date

In addition to the noise measurement for the communi-

cations system, some spacecraft experiments may also

require that certain frequency bands be free of inter-

ference. For example, it is possible that a very low fre-

quency experiment requiring low noise levels may be

flown on a future spacecraft. A parallel definition of

requirements and equipment development may be neces-

sary for special experiments.

It should also be an objective that predetection re-

cording and automatic data processing techniques be

incorporated into the measurement equipment. These

techniques would help eliminate possible operator error

and reduce the required manpower for the tests and data
reduction.

d. Magnetics. The following recommendations are

made for improving the magnetics control effort on fu-

ture magnetometer carrying spacecraft.

Timely application of adequate and definitive guide-

lines for equipment design engineers should be ensured.

This may consist of a magnetics handbook, a general

design specification, or some other form that relates the

magnetics problem to the spacecraft design considera-

tions. It might also include a requirement for a nonmag-

netics preferred parts list, or component or subchassis

magnetics evaluation:

1. Development of project-oriented magnetics specifi-

cation including design restraints and criteria with

definite quality assurance provisions

2. Inclusion of magnetics as a competing design char-

acteristic in the spacecraft design book
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3. Establishment of precise magnetics evaluation pro-
cedures based on spacecraft coordinates

4. Inclusion of magnetics evaluation procedures in
flow charts and schedules

Very close work with the cognizant engineer and

vendors should be maintained in solving hardware mag-

netics problems. Provision should be made for prelim-

inary mapping during early design stages.

Vibration exciter restrictions should be imposed in

vibration testing. Vibration test specifications should de-

fine acceptable vibration exciter magnetic field strengths,

document the exciter used, and record the actual field
at the time of the test.

To facilitate improved magnetics control on future

magnetometer carrying spacecraft, study programs in the
following areas are recommended:

1. Search for a suitable substitute or redesign of the

latching relay

2. Shielding study of mechanical relays

3. Development of a nonmagnetic substitute for Kovar

on the solar panel bus bars

4. Development of a substitute for bimetallic magnetic

temperature control devices

5. Improvement of techniques of spacecraft magnetic

field prediction

6. Development of a nonmagnetic preferred parts list

e. Other recommendations.

Data processing o[ subsystem test results. In view of

the quantity of environmental tests performed on this

program, and with an eye toward improved assessment

of the specific results obtained, consideration should

definitely be given to the use of automated reporting

procedures and data processing techniques. The use of

the digital computer in the handling, storage, and analy-
sis of such information would be an attribute to a new-

generation spacecraft test program.

Reoccurring failure modes and trends, the behavior of

similar subsystems and components in multiple environ-

ments, and multiple subsystems in single environments

are easily extracted parameters from simple computer

programs. Frequent scanning of performance could also

be obtained without the expenditure of valuable man-

hours. For these reasons, it appears highly desirable, if

not mandatory, to automate the environmental test re-

porting program to the fullest extent possible.

Part failure trends. Analysis of problem/failure reports

generated during the environmental testing program in-

dicates a number of piece-parts and processes that were

vulnerable to the launch and space environment. Some

of the more outstanding cases indicating trends of failure

are enumerated for the benefit of future projects:

1. Capacitors must be bled before launch to avoid

corona effects or arcing at critical altitudes.

2. Ceramic capacitors should not be used for low-level

amplification in a vibration environment because of

the initiation of piezoelectric action.

3. Non-hermetically sealed capacitors are susceptible

to leakage in the space environment.

4. Resistors must be thoroughly screened to determine

their ability to maintain a specified resistance

through prescribed temperature ranges.

5. Certain types of package transistors and resistors

should be avoided in future designs because of their

low inherent reliability.

6. Some relays were found to be nonoperational when

exposed to shock environments in excess of 100 g.

7. Glass (vacuum) tubes constitute a potential major
design problem and should be ruggedized and/or
soft-mounted.

8. Clearances on high-voltage printed circuits are crit-
ical areas to be closely monitored in order to avoid

arcing in partial vacuum environments.

9. Voids in potting compounds or conformal coatings

are extremely deleterious in a humidity environ-

ment. Fabrication processes should employ a high

vacuum environment during gelation.

10. Elastomeric components should be degassed by an

elevated temperature soak in high vacuum prior to
their use.

Test monitoring and documentation. Improved report-

ing of environmental testing would permit more rapid

dissemination of information to the project office and to

cognizant technical personnel. This reporting would be

best implemented by revised test report forms. All FA

and TA tests must be reported in a Test Result Sum-

mary, since the total history of an item under test is just

as important as the fact that it passed the test. It is also

suggested that the Environmental Test Lab reporting
forms provide for proper accumulation of the data that
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are subsequently to be reported on a Test Results Sum-

mary Form.

Completion of TA testing. The importance of complet-

ing TA environmental testing early in a project cannot

be overemphasized. Accomplishing required design re-

visions and deleting unsatisfactory subsystems and com-

ponents prior to FA testing saves expensive retrofit and

retesting, and also results in increased environmental

exposure of flight hardware. Design changes originating
as a result of FA test problems sometimes paralleled

identical problems arising in a concurrent TA testing
program. Therefore, it is recommended that an attempt

be made to complete TA testing at the earliest possible
date.

Effectiveness of specific environments. During the TA

testing program for subsystems, no failures were experi-

enced in the following tests:

1. Bench handling

2. Transportation vibration

3. Static acceleration

4. Package drop

5. Explosive atmosphere

Each of these tests should be reviewed for future pro-

grams with an eye to their deletion or limitation for

specific hardware items whose testing may be expected

to yield meaningful results. Their elimination could per-
mit more time and care to be devoted to the test areas

that demonstrated a failure pattern.

Humidity testing. Results of Mariner Mars 1964 sub-

system tests disclosed no subsystem humidity test fail-
ures after the maximum RH was reduced from 95 to

75% by an amendment to the general specification.

However, some of the original failures might have oc-

curred at the lower humidity levels, since the failed mod-
ules were found to have defective conformal coatings. It

appears desirable to retain and strengthen the humidity

test, since it also reveals design weaknesses and some

workmanship defects. However, some thought should be

given to the use of a modified humidity test for flight

acceptance.

Thermal error analysis. As a step in the evolution of

improved temperature control and testing, a study could

be carried out to analytically predict errors as functions

of the various controlling parameters. Such parameters
include: uncertainties in emissivity and absorptivity co-

efficients, variations in internal power, unreproducibility

of joint conductivity, and such test facility discrepancies

as collimation and spectrum. The output of such a study

would have two uses: an input to subsystem thermal test

requirements, and an indication of where effort is most
efficiently applied in advancing the state of the art.
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ABBREVIATION LIST

AAC

AD

ADC

AFB

AFC

AFSC/SSD

AFETR

AGC

APC

APW

ASCO

B -FACT

BECO

B/R

CC&S

CD

CG

CW

DAS

DPS

DSIF

DSN

DSS

DTM

DC

E

ECI

EGO

EMI

ESF

FPAC

FA

FSE

GCS

GD/C

GSDS

GSFC

GTS

automatic aperture control

analog-to-digital

analog-to-digital converter

Air Force Base

automatic frequency control

Air Force System Command/Space Science Division

Air Force Eastern Test Range

automatic gain control

automatic phase control

analog to pulse width

auxiliary sustainer engine cutoff

booster flight acceptance combined test

booster engine cutoff

booster regulator

central computer and sequencer

command decoder

center of gravity

continuous wave

data automation system

data processing subsystem

Deep Space Instrumentation Facility

Deep Space Network

deep space station

developmental test model

direct radio command

time of encounter

engineering change instruction

Eccentric Orbiting Geophysical Observatory

electromagnetic interference

Explosive Safe Facility

Flight Path Analysis and Command Group

flight acceptance

flight support equipment

ground command subsystem

General Dynamics/Convair

Goldstone duplicate standard

Goddard Space Flight Center

ground telemetry subsystem
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ABBREVIATION LIST (Cont'd)

Hi-Rel

HSD

HTC

I

IF

IFM

IMP

J-FACT

LO

L

LC

LeRC

LCE

LMSC

M

MCC

MCE

MSFN

MV

MT

NAA

NAMG

NASCOM

NRT

NRZ

NASA

OGO

OSE

PAS

PCM

PHA

PIPS

PPL

PRD

PRF

PSD

PS&L

PSP

JPL high reliability (parts)

high speed data

height-to-time converter

time of injection

intermediate frequency

interfrequency modulation

Interplanetary Monitoring Probe

joint flight acceptance combined test

local oscillator

time of launch

launch complex

Lewis Research Center

launch complex equipment

Lockheed Missile and Space Center

time of midcourse maneuver

Mission Control Center

magnetic circuit elements

Manned Space Flight Network

multivibrator

internal CC&S command

narrow angle acquisition

narrow angle Mars gate

NASA communications system

non-real time

nonreturn to zero

National Aeronautics and Space Administration

Orbiting Geophysical Observatory

operational support equipment

pyrotechnics arming switch

pulse code modulated

pulse height analyzer

postinjection propulsion system

preferred parts list

program requirements document

pulse recurrence frequency

power spectrum density

power switch and logic

program support plan
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ABBREVIATION LIST (Cont'd)

PSS

PTM

QA

Qc

RT

liT DAS

RZ

SAA

SAF

SCM

SCR

SECO

SFO

SFOF

SFOD

SIT

SMIT

SPAC

SPE

STADAN

STC

STM

SSAC

STL

SCAMA

TA

TCM

T&DA

TIM

TR

TPS

TTY

TWT

UNIPAC

VCO

VECO

VSWR

VSS

XTM

planetary scan subsystem

proof test model

quality assurance

quantitative command

real time

real time data automation system

return to zero

S-band acquisition aid

Spacecraft Assembly Facility

S-band monopulse feedhorn and bridge system

silicon-controlled rectifier

sustainer engine cutoff

Space Flight Operations

Space Flight Operations Facility

Space Flight Operations Director

separation-initiated timer

simulated midcourse interaction test

Spacecraft Performance Analysis and Command Group

static phase error

Space Tracking and Data Acquisition Network

system test complex

structural test model

Space Science Analysis and Command Group

Space Technology Laboratories

signaling, conferencing, and monitoring arranging

type approval

temperature control model

Tracking and Data Acquisition

Tracking Instruction Manual

transformer rectifier

Telemetry Processing Station

teletypewriter

traveling wave tube

Universal Payload Accommodation Capsule

voltage-controlled oscillator

vernier engine cutoff

voltage standing wave ratio

video storage subsystem

extra test model
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