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ACTIVE TEMPERATURE CONTROL 
Agenda f o r  Review and Planning Conference - Apr i l  9 ,  1964 t o  be 
he ld  i n  OART Conference Room 6032, Fede ra l  O f f i c e  Building IOB, 

Thursday. A p r i l  9 .  1964 

9 :oo In t roduc t ion  and Welcome 

9:15 Thermal Cont ro l  of t h e  MMC (Micrometeoroid Capsule) E l e c t r o n i c s  
Tommy C ,  Bannis ter  - Marshall  Spase F l i g h t  Center  

9r45 Screen Cap i l l a ry  Pump - 
T. 0. Thostesen - Jet Propuls ion Laboratory 

10: 15 BREAK 

10 : 30 Discussion and Demonstration of t h e  Hughes Thermal Switch - 
E l m e r  'Chris tensen - Jet Propuls ion Laboratory 

11:oo The Use of Radia t ion  Sh ie lds  f o r  Thermal Control  of Vehic les  
on t h e  Lunar Surface - 
John Arvesen - A m e s  Research Center  

11 :30 Discussion of t h e  Oklahoma S t a t e  Univers i ty  Active 
Temperature Cont ro l  System - 
Robert  Kidwell - Goddard Space F l i g h t  Center  

12 : 15 

1:95 

l :45 

2:15 

3:OO 

3:  15 

LUNCH - 
Spacecraf t  Temperature Control  Research at Langley - 
W i l l i a m  OBSul l ivan ,  Jr. - Langley Research Center  

Phase Change i n  Polymeric Systems for Active Thermal Cont ro l  
Warren C ,  Ke l l ihe r ,  George F ,  Bezdbrtz,  and P h i l i p  R, Young - 
Langley Research Center  

Research on Active Temperature Control  a t  Goddard - 
Stanley Olbendorf - Goddard Space F l i g h t  Center  

BREAK 

Round Table Discussion of Active Temperature Control  Systems 
for Planned and Unmanned Spacecraf t  

.Moderator - Conrad P. Mook 



Conference Notes 

The NASA conference on Active Temperature Control was one of a series 
held during the first half of l9& in connection with the Thermal 
Radiation and Temperature Control Program. 

The papers published herein comprise those presented on April 9, 19% 
in accordance with the conference agenda, 
though not published, was presented in a form which permitted notes 
to be taken by the undersigned. 

Cristensen's paper, 

Mre Cristensen displayed a prototype version of the Hughes Thermal 
Switch which will be used on the Surveyor Lunar Lander. 
when closed has a conductance of - 5  BTU/hr, OF, which decreases to 
,0015 BTU/hr. OF when open. 
by spraying a .001" teflon layer on one contact. 
approximately one-half pound. 

The switch 

He explained that cold welding was avoided 
The switch weighs 

One additional paper, in addition to those shown on the agenda, was 
presented by Dr. John Lucas of JPL. This paper, a discussion of JPL 
louver systems, is summarized herein by M, Gram of JPL. 

At the close of the conference a round table discussion was held, ini 
which the matter of engineering development of the systems described; 
by Mi?. 09Sullivan was discussed and the matter was left to Langley 
Research Center to work out in cooperation with Headquarters. 

It was pointed out that the Langley work was not duplicating that of 
Dr. John Schutt of GSFC in that the former considered changes of the 
step-function type. 

C, P, Mook 
NASA Headquarters 



ACTIVE THEWL CONTROL OF THE 

MICROMETEOROID CAPSULE ELECTRONICS 

.. 
In t r oduc t ion 

Thermal louvers, similar to those on Mariner 11,” ale t o  be used on the 
MMC electronics canister for thermal control. At the present time, it is 
felt that all louver applications, laboratory test results, and flight data 
are a necessary and complimentary part of louver development. 

Figure 1 shows the spacecraft. Figure 2 shows the micrometeoroid panels 
being constructed. Notice the size of the man in the figure relative to the 
size of the spacecraft. 

Thermal Design 

The design philosophy is to locate all the temperature sensitive elec- 
tronics components in an electronics canister and control the canister 
temperature with thermal louvers. The canister is shown in Figure 3 ,  a 
thermal schematic of the spacecraft. The louvers are positioned so  as to 
eliminate incident solar radiation. The heat transfer through the louvers 
is strictly infrared radiant transfer to the vehicle (as a sink). The 
vehicle coating will be a stable white paint. 

The interior of the canister is shown in Figure 4 .  Special mounting 
techniques are employed for the extra-sensitive batteries to maximize the 
contact area. 

Figure 5 shows the canister mock-up being used for the thermal vacuum 
tests now in progress. Two bays of louvers are attached to the lower face 
of the canister. The other faces consist of superinsulation sandwiched 
between two stiff panels, 

An idea of the number of times the louvers are expected to actuate in 
orbit can be obtained from Figure 6, which shows typical curves for time in 
sunlight for the spacecraft. A minimum of four major actuations are expected, 
and probably more, depending upon attitude variations. One of the louver 
bays is shown in Figure 7. Each louver bay weighs approximately two pounds, 
has a total blade area of 1.7 ft? , Q- 
each blade being independently actuated) whose temperature is radiatively 
linked to the components, and has a highly polished aluminum blade surface. 
The actuators are thermally isolated from the structure and sink by a spe- 
cial superinsulated housing with an open face towards the components. The 
free end of the blade rides in a teflon bushing to prevent cold welding and 
reduce friction. Fabrication problems have been encountered in adhering to 
the rigid tolerances imposed. 

b ime t ra l s  (with 

Hand selection of parts has become necessary. 

Thermal vacuum tests are presently being conducted to check the thermal 
design, especially in the operation of the louvers 
show the design to be verified. 

Preliminary results 
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Jet F'ropulsion 

h t e  r dissipations -2 l 

heat in excess of the radiation 

s t ructural  conduction paths ar is ing from the packaging design, Either 

1 conduction paths o r  convection loops uld then be necessary. 

The present investigation i s  directed t meeting the convective 

loop ne the present res t r ic t ions of weight power, The purpose 

is  t o  evolve -phase heat t sfer device which does not require mechanical 

o r  e l ec t r i ca l  r w i l l  operate reliab2y f o r  8, pepiod o 
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ing the  vibrations accelerations of the sp 

The the u2.d be transferred by evaporation of a, f lu id  at the  heat 

source and condensation of the  vapor at the heat sink, The f lu id  would be 

transported by differences i n  vapor pressure and surface tension forces. 

such a system employing a wick. The l iquid is 

end of the wick, the vapor transfers t o  the cold end 

d condenses, and capi forces replenish the  l iquid suppb in the 

vaporator. e not necessarily the  optimal systeh, Visoous losses, 

proportional t o  F24 w e  quite large faa W s e u l e  passages, 
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S h c s  t he  

force is  inversely proportional t o  r, the  velocity in the  tube is 

b t o  the hydraulic radius in cam %he system is not heat tr 

limited, In this simplified ease the  system should have p ges as Wge  as 

h the vibrational enviroment, 
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one method of reducing the viscous forces is t o  e e the 

eking in the pip 

mea t o  hves 

ch joins the  condenser 

e occws just  at the surface of the  

meniscii - Fig, a ) ,  An sis of the  heat t 

of the heat of 
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tem is shown i n  F i g ~ ~ e  3* Here t h e  f lu id  is 

in the meniscii fo 

condensation occur at the  surfac 

t he  source os si&, 

een meniseii, The 

pressure d i f f e ren t i a l  across a. meniscus is h v e  ely  proportional t o  the  

ius of curvature. In a capillary, this diff en%ial 5s const 

s position ) In the  screen system, the  radius of 

es as the meniscus moves (4.b, and 4 B c e ) B i  Thes 

presswe differential. is a function of the mount of Liquid i n  the  

more is 

Pee- is not 

one 

rnosphers to determine approximate capabilitfes. %he screen miit us 

er 150 mesh (wires per inch) a t  

from the source or sink plate by l/32"* It was found %hat t h i  
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ra%e of 20 watt 156 "F 

t he  t h e d  rate of 75 watts 

condensat e being 

2" of water, 

off by a pressure d i f fe ren t ia l  of 

vibrations f r o m  100 t o  2000 cps. 

A test with the  vapor space evacuated of noncondensable g 

s h m d  tha t  this causes the  vapor flow t o  be maximized, 

ed upon the  preliminary data, a design goal f o r  a closed 

cycle, evacuated d t  established as 20 watts for 6 hours with a 

w e  di f fe ren t ia l  b en source and sink of 5OoF over a distance of 

1 foot with mapo OF tand condenser diameters of 4';. These go e 

being approached by iwes t iga t ing  the  evaporator and the  condenser 

separately, When the  tm components perform sat isfactor i ly ,  they will  be 

combined in to  a closed systasn, 

ra tor  t o  date have not been too encour 

but hope 

the  supply b e  from the  reservoir t o  the  

eriments were plagued Wsth bubbles forming 191 

ion behind the  

problem apld bet te r  deaeration teeMques  

The condenser side o f t h e  
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cuum environment but should not be a problem9 since there is much less 

i l i t y  f o r  bubble formation, 

As noted, bubble formation in the l iquid phase is a serious problem 

A bubble which has suff ic ient  volume t o  contact the  inner circumference of a 

tube blocks tha t  tube against passage of l iguid by capillary forces. 

bubble behind a screen blocks off part of the  screen. 

A 

Once the bubble forms, 

it easily grows, fed by vapor from evaporation. 

material selection have and w i l l  reduce this problem greatly. 

bubbles behind the screen have disappeared, probably due t o  rupturing of 

Case i n  deaeration and 

In addition, 

meniscus i n  the screen so t h a t  loca l  capillapy forces could expel the vapor 

through the opening. 

The launch of a spacecraft might be violent enough t o  cause the  

l iguid and vapor phases t o  become intermixed, requiring tha t  the  system be 

launch. However, preliminary tests have shown the system 

t o  be c@te resis tant  so t ha t  t he  unit might be charged before launch, 
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TBE USE OF RADIATION SHIEIJ)S FOR THERMAL CONTROL 

OF VEHICLES ON THE LUNAR SURFACE 

John C. Arvesen 
Ames Research Center 

Mof f e tt Field, California . 

INTRODUCTION 

For the past several years Ames Research Center has been 
involved in determining methods of thermal protection for vehicles 
that have to travel very close to the sun, such as a Solar Probe. 
One thermal control method that has proven to be very effective 
is the use of solar radiation shields. It is known that a vehicle 
traveling from the earth to within a tenth of an astronomical unit 
from the sun will be exposed to an intensity level of over 100 
solar constants. It was shown in reference 1 that if this vehicle 
is shielded from direct solar radiation, its temperature change 
can be held to less than 10' F. 
son, would increase in temperature hundreds to thousands of degrees, 
depending upon the solar absorptance and emittance properties of 
its surface. Since shields were so effective In isolating this 
particular vehicle from solar radiation, a study was undertaken 
to extend a similar concept to the protection of vehicles on the 
surface of the moon. The complete results of this study are re- 
ported in reference 2 and the main points will be presented in 
this paper. 

An unshielded vehicle, by compari- 

LUNAR ENVIRONMENT 

Much is known about the thermal environment of the moon as a 
result of astronomical measurements. The temperature variation 
and the reflectance and emittance properties are known fairly ac- 
curately. It is also known that the thermal conductivity of the 
surface is lower than any natural material found on earth. This 
last fact, along with the complete absence of any atmosphere, makes 
thermal radiation the primary mode of heat transfer for vehicles 
on the lunar surface, 

Probably the most widely accepted lunar surface temperature 
measurements have been made by William Sinton and his associates 
at Lowell Observatory. These measurements are shown in figure 1. 
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This figure shows the temperature variation at the equator during 
one complete lunar day. 
mation that assumes zero thermal inertia of the surface material, 
it agrees well with the measured temperature points. 
significant fact to be noted is the extremely large temperature 
variation during the day. 
perature is about 240' F. 
drops until it reaches a value of -240 !F after the sun sets. 

Even though the solid curve is an approxi- 

The most 

At the subsolar point the surface tem- 
As the day oes on, the temperature 

UNSHIELDED V E R I C U  

During the daytime a vehicle will be receiving a large amount 
of radiation from the hot lunar surface. This radiation level is 
particularly high if the vehicle is at or near the subsolar point. 
Other major sources of heat that will contribute to the temperature 
of a vehicle on the lunar surface are direct solar radiation, solar 
radiation reflected from the lunar surface, and internally gener- 
ated heat. 

Direct solar radiation is one of the largest heat inputs to 
the vehicle. For vehicles with a high ratio of solar absorptance 
to emittance, the level of direct solar radiation will probably be 
the main factor in determining the vehicleOs temperature. Solar 
radiation that is reflected from the lunar surface onto the vehicle 
will usually be of secondary importance, since the reflectance of 
the lunar surface material is only  about 7 percent. For vehicles 
with a low us/€ 
will be radiation emitted from the lunar surface and internal heat. 
In order to evaluate the effects of these heat inputs on the tem- 
perature of a lunar vehicle, a particular configuration was chosen 
for study. This vehicle is shown in figure 2. 

coating, such as white paint, the main heat inputs 

The design of the vehicle is very simple but the results ob- 
The vehicle consists 

It is 
tained may be applied to more complex ones. 
of a 60° conical section on top of a cylindrical body. 
assumed to be resting on a non-conducting support so that the only 
mode of heat transfer between it and the lunar surface is by radia- 
tion, There is also assumed to be no heat conduction between each 
section of the vehicle. 

Subsolar Polnt 

When the vehicle is at the subsolar point the conical section 
will receive direct radiation from the sun while the cylindrical 



section will have no direct so lar  radiation incident. However, the 
cylindrical section will be exposed to radiation leaving the lunar 
surface to a greater degree than the conical section. The result- 
ing temperature on each section for no internal heat is shown in 
figure 3 .  
function of the vehicle's us/€ ratio, which varies from 0.1 to 
10.0. Since the conical section has such a high level of solar  
radiation incident upon its surface, its resulting temperature is 
very dependent upon this us/€ ratio. For materials such as 
polished metals, temperatures may reach 300' F to 400' F. 

In this figure the surface temperatures are shown as a 

The temperature of the cylindrical section, on the other 
hand, is relatively independent of the us/€ ratio since very 
little solar radiation is incident. It should be noted,however, 
that just the heat received from the lunar surface is enough to 
give an undesirably high temperature on this section, regardless 
of what its surface properties are. It should also be noted that 
unless a very stable white coating is used on the conical section 
its temperature will also be high. 

Side Illumination 

A unique situation is encountered if the sun is on the hori- 
zon, as would be the case if it were lunar dawn, dusk,or if the 
vehicle were at either pole. One side of the vehicle would receive 
the full intensity of the direct sun, while the other side would be 
in darkness. 

If the heat conduction in the skin of the vehicle is assumed 
to be zero, the temperature distribution around the circwoference 
of the cylindrical section will be as shown in figure 4. It can 
be seen that severe thermal gradients and large temperature dif- 
ferences may occur between the sunlit and shaded sides, especially 
at the higher values of as/€. Heat conduction in the skin of the 
vehicle will help the situation but the effect is not really sig- 
nificant, as can be seen in figure 5. In this figure the vehicle 
is assumed to be 10 feet in diameter with an as/€ ratio of 1.0. 
The upper dashed curve represents a relatively high conductance 
skin of 1/8-inch thick aluminum. 
tions of this value down to zero. 
ture increase on the shaded side of the vehicle. 
sunlik-side temperature remains relatively unchanged and there is 
still a large temperature difference fromthis side to the shaded 
side 

The other curves represent frac- 
!Che main effect is a tempera- 

However, the 
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Three different shield configurations were considered for use 
The smal l  shield 

The next configuration (figure 6(b)) has 

The heat input from the lunar surface may 

at the subsolas point and are shown in figure 6. 
(figure 6(a)) is the same diameter as the vehicle and does not 
shade the lunar surface. 
a much larger shield which will shade and cool the surface of the 
moon within its shadow. 
be reduced by means of a shield that is symmetric around the base 
of the vehicle (figure 6(c)). 
surface will strike the shield and be reflected back. This shield 
is completely shaded by the large solar shield so that no direct 
sunlight will hit it. All these shields could be made fairly 
lightweight and might consist merely of a coated plastic film. 
The surface properties of these shields were found to be not par- 
ticularly important so that if they were to undergo degradation 
there would be only asecondaryeffect upon the vehicle's temper- 
ature * 

Radiation emitted from the lunar 

It is difficult to calculate the temperatures of a shielded 
vehicle because of the large number of surfaces involved. It must 
be considered that each surface could have different values of 
solar absorptance and emittance, as is the case for real materials. 
In order to have reasonable accuracy, infinite reflections between 
all surfaces must also be included. 
analysis was developed and was programmed for solution on an IBM 
7090 computer. This computer program was then used to determine 
the effectiveness of the various shield configurations in reducing 
the temperatures of the two sections of the vehicle. 

In reference 2 a general 

Subsolar Point 

The temperatures on the conical section of the shielded 
vehicle are shown in figure 7(a). 
before, is very dependent upon the as/€ ratio and will reach 
temperatures that are much too high unless a very low ratio is 
used. 
ation reaching this section has been almost entirely eliminated 
and, as a result, the temperature is almost independent of the 
%/E ratio. Even at high values, the temperature is down to a 
reasonable level. This is important because it means that the 
surface of the vehicle could degrade badly from some environmental 
effect and the temperature would be unaffected. 

The unshielded case, as shown 

For all shielded configurations the amount of solar  radi- 

The effect of shields upon the temperature of the cylindrical 
section is shown in figure 7(b). At the subsolar point the small 
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solar shield, which is the same diameter as the vehicle, has no 
effect on the cylindrical section. When the larger shield is 
added, the lunar surface around the vehicle will be shaded and 
cooled and the temperature of the cylindrical section will be 
correspondingly reduced. The main heat input is now from the 
hot lunar surface. By adding the lunar radiation shield around 
the base of the vehicle even this component can be effectively 
eliminated. Thus, by using shields, the temperature of this 
section at the subsolar point can be reduced to below -looo F. 
This level is probably too low for most applications but it should 
be apparent that the shields can be easily arranged to give almost 
any desired temperature between the unshielded and completely 
shielded limits. Internally generated heat will, of course, raise 
all temperatures. 

Side Illumination 

It was previously shown that a vehicle may have a large tem- 
perature difference from one side to the other when the sun is 
near the horizon. 
can be seen in figure 8. 
between the vehicle and incident solar radiation. 
of the shielded side and the back side of the vehicle is shown as 
a function of the shield's separation distance. As the shield is 
moved farther away, the heat radiated to the vehicle becomes less 
and less until it approaches the level on the back side of the 
vehicle. Again, internal heat can be used to maintain the desired 
temperature level. 

A solar shield is particularly useful here as 
In this figure, a single shield is placed 

The temperature 

CONCLUDING RlQWXS 

This paper has attempted to show how effective shields can 
be in eliminating some of the problems that may be encountered 
when vehicles are on the surface of the moon. There is also no 
reason why a shield cannot be used by a man outside of the vehicle 
to reduce the solar and infrared heating of his spacesuit. In 
effect, solar shields are nothing more than the parasols that 
women have been using for years. 
of radiation shields makes them a,n ideal safety measure, for both 
man and vehicle, in case of some unforeseen emergency. In conclu- 
sion, shields are an answer to most situations where a high degree 
of isolation from an external thermal environment is required. 

The simplicity and versatility 
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Conical section 

Cylindrical section 

Lunar surface 

Figure 2 .  - Basic vehicle configuration. 

NATIONAL AERONAUllCS A N D  SPACE ADMINISTRATION 
AMES RESEARCH CENTER, MOFFETI FIELD, CALIFORNIA 
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\Small solar 
radiotion shield 

(a) Small so l a r  shield 

k-, 2.150 -1 
I I 
I Large solar 
I radiotion shield 
I I 

(b)  Large solar shield 

Solor radiation 

Lunar thermal 
radiation shield 

( e )  Solar shield and lunar shield 

Figure 6 *  - Shielded vehicle configuration 

NATIONAL AERONAUTICS A N D  SPACE ADMINISTRAI ION 
AMES RESfARCH CENTER, MOFFETT FIELD, CALIFORNIA 
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Large solar shield 
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- Unshielded or with small solar shield 
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Large solor shield 

400r 

-100 

I Subsolar point temperoture-Cylindrical section 

Solar shield and lunar shield 
- 

300t 

(b) Cylindrical section 

Figure 7 .  - Effectiveness of solar and lunar radiation shields a t  the subsolar 
point as a function of the a / E  
and in te rna l  heat both zero. 

r a t i o  on the vehicle; conductance 
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MA STATE UNIVERSITY 
ACTIVE TEMPERATURE CONTROL SYSTEM 

Robert E. Kidwell, Jr .  
Temperature Control Section 

NASA Goddard Space Flight Center 

This discussion summarizes the work done under NASA 
Grant NsG-454 at Oklahoma State University as described 
in the Semi-Annual Report "Spacecraft Temperature Control 
by Thermostatic Fins" by J. A. Wiebelt and J. F .  Parmer. 
A very interesting and potentially useful active tempera- 
ture control device is being developed (see Figure 1). It 
consists of pairs of bimetallic strips mounted back-to- 
back. 
strips are straight and perpendicular to the mounting surface. 
If the mounting surface, which represents the skin or radi- 
ating surface of a spacecraft, is painted white and the 
bimetallic surfaces are coated with a highly reflecting 
material such as evaporated aluminum, the vertical position 
would have the highest effective emittance. When the 
temperature is less than the temperature corresponding to 
the vertical position the adjacent bimetallic elements 
bend away from each other and reduce the effective emit- 
tance of the total surface. 

At a specified temperature (say 100°F) the bimetallic 

The bimetallic material chosen for analysis and 
fabrication of an experimental unit is Truflex P-675R 
manufactured by the Metals and Controls Division of Texas 
Instruments, Inc. The deflection equation is as follows: 

a d = 113 x lo-' (AT) 
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From Figure 2 i t  can be seen t h a t  s u n l i g h t  i nc iden t  
on t h e  grooves may s t r ike the base d i r e c t l y  or it  may be 
r e f l e c t e d  f r o m  t he  walls one or more t i m e s  before  s t r i k i n g  
t h e  base.  Each t i m e  a ray of s u n l i g h t  s t r i k e s  t h e  walls, 
p a r t  of its energy is absorbed and t h e  rest is  r e f l e c t e d  
specu la r ly .  When a r ay  s t r i k e s  the  base,  p a r t  of t h e  energy is 
absorbed and the rest  is r e f l e c t e d  d i f f u s i v e l y .  P a r t  of 
t he  d i f f u s i v e l y  r e f l e c t e d  energy escapes  d i r e c t l y  through 
the  groove opening and t h e  rest is p a r t i a l l y  absorbed and 
r e f l e c t e d  specu la r ly  by one or more c o l l i s i o n s  w i t h  t h e  
groove w a l l s  before  escaping. Obviously, a g r e a t  deal of 
e f f o r t  is requi red  t o  trace t h e  h i s t o r y  of each r a y  of 
s u n l i g h t  i n  o rde r  t o  a r r i v e  a t  a value of e f f e c t i v e  solar 
r e f l e c t a n c e .  The d e t a i l s  of t h i s  a n a l y s i s  are descr ibed 
i n  t h e  semi-annual r e p o r t .  The r e s u l t s  are summarized i n  
F igures  3, 4,  and 5. (Al l  F igures  are taken d i r e c t l y  from 
the  semi-annual r e p o r t )  The curves are p l o t t e d  showing 
t h e  r a t io  of e f f e c t i v e  r e f l e c t a n c e  t o  base r e f l e c t a n c e  as  
a func t ion  of solar p o l a r  angle ,  with w a l l  r e f l e c t a n c e  as 
a parameter.  A s  one might expect t h e  e f f e c t i v e  r e f l e c t a n c e  
f a l l s  off  r a p i d l y  as the  s o l a r  p o l a r  ang le  approaches 90°, 
i nc reases  wi th  inc rease  i n  w a l l  r e f l e c t a n c e  and decreases  
with inc rease  i n  a/b,  a measure of t h e  e f f e c t i v e  depth of 
t h e  grooves. 

Wavelength Dependence of E f f e c t i v e  Reflectance 

Since t h e  e f f e c t i v e  r e f l e c t a n c e  is a func t ion  of both 
w a l l  and base r e f l e c t a n c e s ,  one specu la r  and t h e  o t h e r  d i f f u s e ,  
i t  can be expected t o  vary with wavelength. To ob ta in  t h e  
e f f e c t i v e  s o l a r  r e f l e c t a n c e  i t  is necessary to  i n t e g r a t e  over  
t he  solar spectrum the  e f f e c t i v e  s p e c t r a l  r e f l e c t a n c e s  weighted 
by t h e  r e l a t i v e  solar i n t e n s i t y  a t  each wavelength i n t e r v a l .  
Figure 6 shows the r e f l e c t a n c e s  of evaporated aluminum, a 
white p a i n t ,  and t h e  e f f e c t i v e  r e f l e c t a n c e s  of t he  combination 
as a func t ion  of wavelength. The i n t e g r a t e d  va lues  are 
shown i n  Figure 7. 



eat Di s s ipa t ion  C h a r a c t e r i s t i c s  

An 
from t h e  

1. 
2 ,  
3. 
4 .  

5 ,  
6 ,  

7. 

8. 

I n  
p o s i t  i on  
t h e  f i n s  

a n a l y s i s  w a s  made t o  determine t h e  n e t  hea t  f l u x  
su r face .  The fo l lowing  assumptions were made: 

F ins  are v e r t i c a l  and specu la r ;  
The base is h o r i z o n t a l  and d i f f u s e ;  
F ins  are i n f i n i t e l y  long; 
Conduction between f i n s  and base  is 
n e g l i g i b l e ;  
F in  and base temperatures  are equal ;  
Emittance and s o l a r  absorptance va lues  3or t h e  
groove are determined f o r  t h e  v e r t i c a l  p o s i t i o n  
and are assumed t o  be independent of temperature; 
Emittance and solar absorptance of t h e  slit  = 1.0 
and are independent of temperature;  and 
The r e l a t i v e  s u r f a c e  areas of grooves and slits 
are determined from the d e f l e c t i o n  equat ion for 
t h e  f i n  material. 

t h e  a n a l y s i s  of s o l a r  r e f l e c t a n c e ,  only t h e  v e r t i c a l  
for t h e  f i n s  was considered.  I f  t h e  d e f l e c t i o n  of 
from t h e  v e r t i c a l  p o s i t i o n  is s m a l l ,  t he  va lues  of 

emi t tance  and s o l a r  absorptance are reasonably a c c u r a t e  for 
p o s i t i o n s  o t h e r  than the  v e r t i c a l  p o s i t i o n .  A s  t h e  f i n s  
s e p a r a t e  s l i g h t l y ,  a V-shaped sl i t  opens between ad jacen t  
f i n s .  For s m a l l  d e f l e c t i o n s  t h i s  s l i t  can be assumed t o  be 
o p t i c a l l y  black even though t h e  s u r f a c e s  are h ighly  r e f l e c t i v e .  
A s  t h e  d e f l e c t i o n  i n c r e a s e s  s i g n i f i c a n t l y  from t h e  ver t ical  
p o s i t i o n  the  e r r o r  i n c r e a s e s  apprec iab ly .  The groove t a k e s  
on t h e  p r o p e r t i e s  of a c a v i t y  and t h e  s l i t  becomes more 
r e f l e c t i v e ,  

I n  F igures  8 and 9 ,  n e t  hea t  f l u x  is p l o t t e d  as a func t ion  
of s o l a r  polar ang le ,  w i t h  f i n  temperatgre as a parameter.  

temperature as a func t ion  of so 
i n t e r n a l  hea t  d i s s i p a t i o n  of 37. 
curves are reasonably accu ra t e  for temperatu 

u t i o n s  for  temperatures  near 3.10 F, t h e  v e r t i c a l  p o s i t i o n ,  
sonably accu ra t e .  Figur  s 10 and 1I 
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These curves  i n d i c a t e  t h a t  the s u r f a c e  temperature is cons tan t  
over a f a i r l y  wide range of s o l a r  p o l a r  angles .  T h i s  is the 
r e s u l t  of a decrease i n  r e f l e c t a n c e  or an inc rease  i n  absorp- 
t ance  w i t h  solar po la r  angle  as shown i n  Figure 7 combined 
w i t h  t h e  decrease i n  i n c i d e n t  s o l a r  f l u x  with s o l a r  p o l a r  
angle .  

Future  P l a n s  (Pronosed) 

Oklahoma State Univers i ty  has proposed t o  extend the  
a n a l y s i s  by: (1) Removing the r e s t r i c t i o n  t h a t  the f i n s  be 
v e r t i c a l  i n  determining e f f e c t i v e  r e f l e c t a n c e ,  (2) consider-  
i n g  f i n s  of f i n i t e  length ,  and (3) al lowing f o r  conduction 
between the f i n s  and t h e  base. I n  a d d i t i o n ,  an experimental  
u n i t  would be fabricated and tested under s o l a r  s imula t ion ,  
Goddard would provide t h e  s o l a r  s imula t ion  f ac i l i t i e s .  
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Figure 2. Multiple reflections of solar illumination 



1 .o 

0.9 

0.8 

0.7 

0.6 
I) 
Q 

Q 
> 0.5 

0.4 

0.3 

0.2 

0.1 

0 
- 0  10 20 30 40 50 60 70 80 90 

SOIAR POLAR ANGLE (5 

Figure 3. Effective reflectance ratio, a/b = 2/3 
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Figure 4. Effective reflectance ratio, a/b = 1 
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Figure 5. Effective reflectance ratio, a / b  = 2 
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Figure 8. Equilibrium temperatures for a a 75" x .75" thermostat surface 
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F SPACECRAFT 

By William 9. 0' Sullivan, Jr. 

The research and development program on Controllable @ / E  Ratio 

Surfaces for Temperature Regulation of Spacecraft of the Space Vehicle 

Branch, Applied Materials and Physics Division, NASA, Langley Research 

Center is described in its entirety. There is given the technical background 

defining the problem, the possible solutions found from application of elec- 

tromagnetic and quantum mechanics theory, the classification of the 

potential solutions by method of operation into thermotropic and nonthermo- 

tropic types, the experimental research program and its division into 

Phase I aimed at obtaining basic data on the phenomena and Phase I1 

aimed at engineering development of the most promising methods, details 

of operation of the change in transparency method representing the most 

successful thermotropic method found to date, and details of the 

Electroluminescence method re resenting the most successful nonthermo- 

ethod found to date. 



SURFACES FOR 

I. Introduction.- The Langley Research Center' s Space Vehicle 

ranch is engaged in a research program consisting of the devising, 

exploratory investigation, and development of what it calls Controllable 

Q!/E Ratio Surfaces for Temperature Regulation of Spacecraft. The 

optical property Q! is the absorptivity of the spacecraft's surface to 

solar radiation, and E is its emissivity to thermal radiation. This 

paper briefly describes the concepts of these controllable C Y / €  ratio 

surfaces and the progress to date in their development. 

2. Technical background.- It is probably now a matter of common 

knowledge that in the hard vacuum of space a spacecraft can receive and 

lose heat only by the process of radiative heat exchange. A general proof 

has been developed (ref. 1) that the temperature of a spacecraft of any 

given configuration whose exterior surfaces have fixed ratios of a/€, 

(1) s only on three things: he location of the spacecraft relative 

to external sources of heat, that is, the sun and any nearby planetary 

body like the earth o r  moon. (2) The attitude of the spacecraft relative to 

these external heat sources. (3) The rate of heat release inside the space- 

or  nuclear energy ources. There is no possible orbit 

o r  spacecraft mission of any c nsequence in which all three of these factors 

can remain constant e epending on the particular spacecraft mission and 
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esigners have resorted to various fixes to hold the temperature of 

aft within permissible limits, but always at some penalty. 

Spinning has been used to expose all sides equally to the incident radiation, 

but this is incompatible with most missions. Mechanical shutters have 

been used to change the CY/€ ratio of the exterior surfaces, but these a re  

heavy and degrade reliability. Heat has been released internally and thermal 

insulation used, but this is heavy and consumes precious onboard power. 

tation toward the sun has been used, but this requires a control 

and continuous expenditure of mass to operate control jets. So 

many spacecraft designers have voiced their wish for a surface that would 

change its Q!/E ratio spontaneously o r  on command as needed to hold the 

spacecraftv s temperature constant that this imaginary surface has come to 

be known as a chameleon surface. The Langley Space Vehicle Branchv s 

research program on controllable CY/€ ratio surfaces is a deliberate 

attempt to devise and develop such surfaces that a re  practical and reliable. 

evelopment of basic concepts.- The first step carried out in the 

ace Vehicle Branchv s program was to discover ways of getting 

changeable CY/€ ratio surfaces. To find this out a search (ref. 2) was 

into t h e ~ r y ,  especially electromagnetic theory and quantum 

cs, to t ry  to understand what basically caused the CY and E of 

surfaces to be what they are, and hGthes there was  any relationship 

een them. It was found that theory was very speculative and poorly 

in this area, but the phenomeea seem to depend in large measure 



upon the electro 

ange the @ / E  ratio. with ’ 

this clue as a 

lished, and a s u r -  

uliation is to be 

ing not simply the number of electrons 

k thereof, and their 

omena identified 

in this manner 

ratio surfaces were: 

I. Electroluminescence 

2. Semiconductors 

3. Photoemissiviky 

4. Photoconductivity 

5. Photovoltaic effect 

clition, two mechanical-o 



phenomena by means of which surfaces can be made whose a/€ ratio can 

be changed c respect to how 

they would TWO he previously mentio ed study showing that the tempera- 

ture of a spacecraft is a function of its Q!/E ratio immediately indicates 

that change in a/€ ratio has to be controlled by the temperature of the 

spacecraftfs surface. This immediately sor ts  the changeable C Y / €  ratio 

surfaces into two categories. (I) Those whose change in a/€ ratio is 

produced directly by a change in their temperature, for which reason they 

might be called thermotropic surfaces. (2) Those whose change in C Y / €  

ratio is produced by some means other. than temperature, and for distinction 

may be called nonthermotropic. 

The thermotropic type surface, when subject to solar radiation and at 

a temperature below its control temperature, has &high a/€ ratio and 

therefor e absorbs 

When it reaches its co erature, it changes to a low Q! / E  ratio 

and emits more heat th 

to decrease, is causes it to change to a high a/€ ratio, and 

ore heat than it radiates so that its temperature rises. 

s temperature starts 

temperature at 

ic type surface, since it s 

the acme of rellia 
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therrnostate o r  

erature sensor a e their temperature. 

When they are below their ave a high @ / E  ratio 

and absorb more heat fro adiation than they emit, with 

en they reach their control 

erature as detected ensor, the temperature sensor 

activation unit to c amge the a/€ 

e surface then 

ratio of the surface to a 

ita more heat than it absorbs and its tempera- 

s causes the tern erature sensor to command ture starts to decrease. 

the activator unit to change the surface back to a high @/E ratio, and thus 

erature is auto atically GOntrQ led to the control temperature at 

which the temperature sensor is set. Thus, by simply changing the control 

erature setting of the tern erature sensor e nonthermotropic type 

le a/e ratio surface can e made to automatically control its 
/ 

erature to any value over a range of temperatures. 

advantage is achieved at some i lexity, and. hence decrease 

c type surface. 

It is to be noted that in  both tropic: and the nonthermotropic 

aces herein discussed, in  @ / E  ratio is a distinct 

change as contrasted to the g 

that has been noted in some mat 

by sthers, 
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out-of -house by a 

e division of the research 
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4 in cross  sectio figure 1, it consists of a 
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e skin of the spacecraft. 

aterial layer @8 sists of a kra atrix ma tkerial, 

such as a plastic, in 
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acecraft? s sur- 



so that the incid 

changeable tran 

that the coating 
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arency occurs in the 

e used as the dispersed 

res. The change from 

absorbing to reflecti y narrow range of 

used, being in some 

irst of the nonthermo- 

e surfaces to emerge 

ich i receding list, Its 



exterior of the 

the spacecraft's 

e spacecraft's wall is below the 

in its high C Y / €  

ratis state so that it absorbs more heat from the incident solar radiation 

its, and therefore the te pesature of the spacecraft's wall rises. 

en it reaches the control temperatu e ,  as detected by the temperature 

sensor, the te erature sensor actuates an electric switch, sending a 

signal to the activator unit which the applies across the electro- 

luminescent material the electrical potential necessary to change it to its 

low Q/E ratio state. The electroluminescent material then absorbs less 

heat from the incident solar radiation than it emits so that the temperature 

acecrafts s wall starts t any decrease is immedi- 

ignals the activator unit ately detected by 

so as to change 

e high a/E raus state, Thus ture of the spaee- 

ture set into t 

materials tried the el 



ve required, of the 

order of a fifdieth of an inch, whi 

indicates that is practical. 

surface very lightweight, 

RE ENCES 

-428 to Georgetown niversity, May 14, 1963, 

Appendix A, Derivation of the Dependency of a Spacecraft's Thermal 

Balance on the @ / E  Ratio, by J. O'Sullivan, Jr., Sept. 9, 1962. 

ASA-Langley Memo. for Assoc. Dir. (Atten. E. C. Draley), Nov. 22, 

1961, by W. J. 0' Sullivan. Proposal of a Potentially Revolutionary 

eans of Accomplishing the Thermal Balance of Spacecraft and 

Request for Decision on Means of Pursuing This Idea. 







PHASE CHANGE IN POLYPERPC SYSTEMS 

FOR ACTIVE TIBXQIAL CONTROL 

Warren C,  Kelliher, George I?, Pezdirtz,  and Phi l ip  R e  Young 

NASA-Langley Research Center 

IMTRODUCTPON 

Many materials undergo s igni f icant  changes i n  t he i r  op t ica l  properties 

when they undergo f9 st order phase changes, This i s  par t icu lar ly  t r u e  

of" poxycrystalline organic compounds, 

has been inft;dated i n  the  Spacecraft Materials Section of the Space Vehicle 

An exploratory research program 

Branch t o  study t h i s  phenomena of phase change f o r  possible use as a means 

of au4;ornaticall.y control l ing (without moving pa r t s )  the op t i ca l  properties 

and hence the temperature of a spacecraft 's  surface,  Very l i t t l e  has been 

done i n  the past  t o  explore o r  u t i l i z e  t h i s  phenomena f o r  temperature 

control,  One brief description of some e a r l i e r  work on using phase change 

f o r  temperature control  was disclosed i n  the ear ly  l95Oqs by G. 11. Kuehl 

(refqrence 1) s which changed t h  

properties with temperature OF l i g h t  inteaasi-by, S m e  these compounds a l so  

changed t h e i r  physical s-bate, they generally had t o  be contained between 

the walls o f ' ~ ~ l . ~ ~ ~ ~ a y ~  

m e  model systems being s"t;uc%ied E& ~~~~~~~ 61 e self-cont-ained coatings 

which can be made t o  vary their absozlptmce of solar radiat ion a t  pre- 

designed temperature Levels, This varfa%%on in solar abss 
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t o  a phase change within a pa r t  of the  coating i t se l f ,  A t  the  phase t r ans i t i on  

t e m p e ~ a l ~ ~  the coating*s opt ica l  properties change from a diffusely re f lec t ing  

3t t o  a transparent material, This change occurs a t  the melting point 

of" polycrystall ine pigment which is dispersed throughout the  transparent coating 

vehicle or  matrix, 

Below i ts  melting temperature, the  dispersion of the  polycrystall ine 

pigment i n  a transparent vehicle produces numerous complex re f lec t ing  surfaces 

which cause the coating system t o  behave l i k e  a typ ica l  diffuse re f lec tor  of 

l i g h t e  

and i s  e f fec t ive ly  soluble i n  the transparent vehicle which i s  s t i l l  sol id .  

This r e su l t s  i n  a transparent coating system which permits l i g h t  t o  pass 

through the  coating t o  a mirror substrate  which r e f l ec t s  the  l i g h t  back 

essent ia l ly  unabsorbed ( f igure  1). 

has a higher so la r  absorptance when t h e  coating i s  a diffused r e f l ec to r  than 

when it i s  i n  the  transparent condition, This-is due t o  the grea te r  number 

of' re f lec t ing  surfaces which ex i s t  a t  the lower temperature. 

ex i s t s  i n  the polyc s t a l l i n e  s t a l e ,  these fai;ernal re f lec t ing  surfaces 

e f fec t ive ly  increase the length of the incident l i g h t  path i n  the coating 

and hence increase the  overal l  absorption, 

Above its melting temperature, the  polycrystall ine pigment is amorphous 

The coating system with  i t s  mirror substrate  

When the  pigment 

Some of the combinations an4 pernutations of vehicles, pigments and 

composi.tionss which were used i n  the first par t  of t h i s  study are shown 

in %he schematie belown 
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Exploratory ExpcrfmeataP Design 
Figment 

Vehicle 

'teElvax a copolymer of polyethylene and polyvinyl acetate  e 

Most of the coatings prepared fo r  t h i s  first survey were found t o  

be unsuitable for  fur ther  studye 

good v isua l  opacity and good mechanical propert ies ,  

pigment combinations were discarded because of the inab i l i t y  of the  pigment 

to property c rys t a l l i ze  and become opaque i n  the  vehicle, 

polyethylene was an example of t h i s  type of behavior, 

The c r i t e r i a  of" select ion was based on 

Several of  t he  vehicle- 

Paraff in  i n  

The polystyrene and the polyethylene- lyvinyl  acetate  (Elvax) vehicles 

were found t o  produce the best coating from considerations of t he i r  physical  

and op t i ca l  properties when used wi th  such pigments as eicosane ( a  twenty 

carbon nom&!. hydrocarbon) o r  p ~ r ~ f ~ i n ~  Even i n  these two cases, there  was 

considerable var ia t ion in the  physical. properties of the two coatings, The 

coating composed of" 80% polystyrene-20% paraff in  was hard and friable while 

the  coating composed! of 50% Elvax 

Thess 

direction of the change i n  the i r  opt iceJ  p~oper% es with temperature, 

d 50% con si in was tough and f lex ib le ,  

coatings w re a%udi.ed fw%herp hn order to determine the extent and 

The eoatfngs were prepared by heating %he themopPastic vehicle t o  

Just above its melting point and,bbending in molten pigment wtfl a homogeneous 

solution of' the two materials resulted, The molten mass was thencast i n t o  



The solar absorptance of these  model coatings were determined by 

measuring the t o t a l  hemispherical r e f l ec t ance  of t h e  coating at severa l  

temperatures using a Cary 1 4  spectrophotometer wi th  re f lec tance  attachment. 

The response of a t y p i c a l  coating as a f"unction of  temperature i s  shown i n  

f igwe 2@ It is evident tha t  this nao I coating undergoes a change, P,e, 

by a f a c t o r  of two i n  i t s  s o l a r  absorptance over t h e  tempepature range 

assoc ia ted  with %he phase change of t h e  pa ra f f in  i n  t h e  polystyrene, namely, 

65 t o  TO'C, The thermal emittance of t h i s  coating remained e s s e n t i a l l y  

sonstant a t  e93 throughout t h e  whole temperature range studied, 

The s p e c t r a l  re f lec tance  of t hese  coatings i s  shown i n  f igures  3 and 

4, 

phase change temperatures, 

The measurements were made a t  25OC when t h e  coatings were below the i r  

The absorption peaks i n  the  near in f ra red  region 

a re  due t o  t h e  v ib ra t ions  of t h e  CHz and .CH3 groups i n  t h e  c r y s t a l l i n e  pa ra f f in ,  

When t h e  same s p e c t r a l  r e f l ec t ance  measurements were made a t  temperatures 

above the  normal melting point o the paraffin,  t hese  peaks had aiminished 

considerebay and t h e  whola ~~~~~~t~~~ curve had s h i f t e d  t o  higher values as 

the . ~ ~ ~ ~ s ~ ~ ~ @ ~ t  cos%iwg aflowed mora light t o  reach the  polished s i l v e r  sub- 

po%ys$yrene as the  vehicle had a higher phase change e peratwe than on 
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PTeasurements of $he phase transition temperatures were made by using 

differential thermal analysis techniques and apparatus similar to 'those 

described by Vassa%bo and Harden (reference 2), 

in figure 5@ 

t h e  melting point of paraffin vehicle, 

in transparency f o r  this coating, 

the melting temperature of the polyethylene-polyvinyl acetate copolymer (Elvax) a 

A ty-pical thermogram is shown 

The first peak at 57'C is characteristic of the transition at 

1% is also close to the visual change 

The second, broader peak at 12OoC represents 

FUTURE WORK 

!This preliminary report has covered some of the early developments of 

our exploratory program to develop controllable thermal control coatings, 

the near future we will be entering into the engineering development of the 

concept of using phase change coatings for thermal control. 

development w i l l  be carried out largely on a contracted basis and will include 

sutdies of": 

In 

The engineering 

(1) environmental stability 

(2 )  ~ ~ r i ~ t i o ~  0 phase trans it i on t emparatwe s 

( 3 )  ~ ~ b ~ i ~ a t ~ ~ ~  technique8 

1% be undertaken in-house, More 
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11, 6, W, Kuehl, U, Sa Patent 2,710,274 (1955)* 

2, D, A, Vassallo and Y e  C, Harden, Analytical Chemistry, $4, 132 (1962)s 
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RESEARCH OM ACTIVE TEMPERATURE CONTROL AT GODDARD 

SPACE FLIGHT CENTER 

Stanford Ollendorf  
NASA Goddard Space F l ight  Center 

Greenbel t ,  Maryland 



hilosophy of Goddard Space F l i g h t  Center  
In-House S a t e l l i t e s  

The thermal des ign  philosophy a t  Goddard Space F l i g h t  
Center  for in-house s a t e l l i t e s  has been t o  achieve  temper- 
a t u r e  c o n t r o l  p r i m a r i l y  by p a s s i v e  means. T h i s  method has 
been s u c c e s s f u l l y  a p p l i e d  t o  s p i n - s t a b i l i z e d  satel l i tes  
o p e r a t i n g  under t h e  fo l lowing  ground r u l e s :  

(1) For near  e a r t h  satellites, where i t  is g e n e r a l l y  
necessary t o  des ign  for c o n d i t i o n s  of 60% t o  100% s u n l i g h t ,  
t h e  s t r u c t u r e s  have been restricted t o  n e a r l y  s p h e r i c a l  
c o n f i g u r a t i o n s  t o  minimize changes i n  absorbed s u n l i g h t  
w i t h  sun-spin a x i s  angle .  

(2) When h i g h l y  non-spherical  s t r u c t u r e s  have been 
r equ i r ed ,  t h e  o rb i t s  have been h igh ly  e l l i p t i c a l ,  so  t h a t  
t h e  des ign  could  be based on abso rp t ion  of cont inuous 
s u n l i g h t  vary ing  i n  magnitude on ly  w i t h  changes i n  t h e  
a t t i t u d e  of t h e  s p i n  a x i s  r e l a t i v e  t o  t h e  sun. 

(3) I n t e r n a l  power d i s s i p a t i o n  has e i ther  been 
n e g l i g i b l e  compared t o  t h e  t o t a l  absorbed and radiated 
power or it  has been p o s s i b l e  t o  des ign  on the  basis tha t  
t h e  power is d i s s i p a t e d  a t  a cons t an t  ra te .  

(4) For des ign  purposes ,  shadow p e r i o d s  have been 
assumed t o  be l i m i t e d  t o  approximately one hour or less. 
I t  has no t  been necessary  t o  main ta in  temperature  l i m i t s  
for longer  shadow p e r i o d s  a ough 2-1/2 and 9-hour shadows 
have occurred  on Explorers  r e s p e c t i v e l y .  



(5) I t  has  been p o s s i  l e  for highly e l l i p t i c a l  

o r b i t s  t o  c o n t r o l  the  launch t i m e  i n  order t o  restrict 
e range of poss ib l e  sun-spin a x i s  angles  or delay  for 

many months the  occurrence of long term shadows. 

(6) Most of t h e  e l e c t r o n i c  components and experi-  
ments have been designed and tested t o  withstand a 
r e l a t i v e l y  broad temperature range. 

I f .  Need for Active Temperature Control  on Future 
- Goddard S a t e l l i t e s  

If r e s t r i c t i o n s  on conf igura t ion ,  o r b i t ,  launch 
window, and shadow per iods  are l i f t e d ,  i t  is  not poss ib l e  
t o  con t ro l  temperatures pass ive ly  wi th in  the  l i m i t s  of 
approximately -1OOC and +5&.. With increas ing  emphasis 
being placed on r e l i a b i l i t y ,  some dev-ice such as an 
a c t i v e  c o n t r o l l e r  must be employed t o  keep temperature 
excursions t o  a minimum. 
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haracteristics of Ex i s t ing  Active Control  Systems 

ouvers - Where louvers  are used f o r  temper- 
a t u r e  c o n t r o l g  they  are genera l ly  located on su r faces  
which are shaded from t h e  sun. However, i t  is genera l ly  
impossible t o  f i n d  su r faces  which are always shaded on 

i n  s t a b i l i z e d  spacec ra f t .  With s o l a r  i n f l u x  on louvered 
sk ins ,  wide v a r i a t i o n s  of e f f e c t i v e  solar absorptance with 
s h u t t e r  and s o l a r  aspec t  angles  can occur (see Figure 1). 
T h i s  is l a r g e l y  due t o  t h e  c a v i t y  effect a t  small  louver 
angles.  T h i s  problem makes i t  d i f f i c u l t  t o  design a 
sys t em which w i l l  e m i t  n e a r l y  l i n e a r l y  (see Figure 2) 
w i t h  s h u t t e r  p o s i t i o n ,  while subjected t o  non-linear 
s o l a r  hea t ing .  Most of these s y s t e m s  a l s o  r e q u i r e  a 
h igh  degree of conductive coupling between the  e l e c t r o n i c  
components and t h e  r a d i a t i n g  sur faces .  

I n  add i t ion ,  i t  is not e n t i r e l y  c e r t a i n  that louvers  
which a r e  o r i en ted  p a r a l l e l  t o  t he  s p i n  a x i s  and which are 
located s e t  the  spacec ra f t  per iphery w i l l  no t  q f f e c t  the  
sp in  ra te  when t h e y  open or c lose .  

B. I n t e r n a l  Canis te r  - e TePstar sa t e l l i t e  
employed a c y l i n d r i c a l  c a n i s t e r  i n  which t h e  e l e c t r o n i c  

components were housed, e sides were rapped with 
super i n s u l a t i o n  and the  ends were sed as a c t i v e  c o n t r o l  
sur f  aces he positions of t e end caps,  t h e  

the  s ~ ~ ~ ~ ~ r ~ ~ t  s 



he Relay  s a t e l l i t e  employed 
an i n t e r  t a r y  s h u t t e r  which con t ro l l ed  the 

t of heat radiated from t h e  e l e c t r o n i c  components 

sur face-was  cool  by c o n t r o l l i n g  t h e  
m e  so tha t  f t 's  s p i n  a x i s  remained 
erpendieular  w i t h  respec t  t o  t he  sun. The temper- , 

a t u r e  sensor  f o r  c o n t r o l l i n g  the  s h u t t e r  was loca ted  a t  
t h e  ba t te ry  and t us  responde t o  l o c a l  rather than 

cecraf  t temperature changes. 

I>. Rotary Blades Mounted on Sk in  (Atlas Able) - Space- 
craf t  i n t e r n a l  temperatures can a l s o  be con t ro l l ed  through 
t h e  use of r o t a r y  blades which a l t e r n a t e l y  expose or cover 
d i f f e r e n t  su r f ace  coat ings.  T h i s  s y s t e m  w a s  first designed 
f o r  an Altas-Able s t was never success fu l ly  

l i g h t  weight bfa 
or ,  I t  is 

@cause of lau 

its callibrat ~ o u ~ ~  handling 
repeated cyc 



rge, the Goddar in-house satellites are 
ilized with solar influx impinging on all 
of the skin at some time during the spacecraft's 

at is always shaded for mounting a louvered or  internal 
lifetime. This precludes the use of any one surface 

shutter system. packaging density of Goddard 
spacecraft prohibits the use of the internal radiative 
technique for an active control system. In addition, 
packaging methods presently employed at GSFC make it 
difficult to control heat flow by conduction. Electronic 
modules are sometimes stacked six to eight inches above 
heat dissipating surfaces, with poor conductive coupling 
between layers. 

V. Work to Date on Active Controller at GSFC 

Because of the previously mentioned limitations of 
louver, canister, and shutter designs when applied to 
Goddard satellite configurations, it w s decided to 
investigate the characteristics of an improved version 
of the Rotary s new system is being 

c coil with a high spring 
constant and mo nylon thrust 

lngs inserted to more axial stability 
r vibratory loads. Figure the controller in 

its mounting fixture. 
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The function of active temperature control devices i s  t o  
suppress temperature excursions and provide tighter temperature 
regulation than would otherwise result. Were it not f o r  the widely 
varied heat inputs t o  spacecraft subassemblies, and f o r  the bearing 
which temperatures have upon r e l i a b i l i t y  and endurance, active temp- 
erature control devices would not be required. 

Louvers are  but one type of active temperature control 
device. Figures I and I1 show the louver systems designed f o r  
Mariner R and C respectively. Whereas they differ somewhat i n  
configuration, mechanically and functionally they are similar. 

An overall  comparison i s  provided i n  Table 11. 
echwica l  features common t o  both systems are  l isted i n  Table I. 

Thermal performance for the two systems i n  terms of the 
effective emittance as a function of louver blade angle i s  given i n  
Table 111. 
parison (ref .  JPL TR 32-555, Analysis of Movable Louvers for Tempera- 
t u re  Control, J. Plamondon, 1964). The theoret ical  values have been 
based on diffuse emission-reflection, i n f i n i t e  length louver blades, 
and assumes no heat loss  from bracketry. 

Theoretical performance values are also given fo r  com- 

1 

In order t o  rationalize empirical and theoret ical  performance 

The adjustment (or t a r e )  may be considered t o  be an area 

figures, an adjustment has been made t o  the empirical values, forcing 
them i n  agreement wi th  theoret ical  values for the fu l ly  closed louver 
condition. 
of uni t  emittance which radiated i n  para l le l  w i th  the louvers. The 
adjusted thermal performance figures are  given i n  Table IVY and as 
can be seen are i n  only fair agreement with the theoret ical  values. 
The differences are  f e l t  t o  stem primarily from experimental errors 
made during the measurement of louver performance, and t o  a lesser 
extent from the inexact nature of t he  mathemtical model. 
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TABLE I 

Mechanical Features of the  Mariner Louver System 

Louvers are individually actuated--not ganged. 

Louver sensing and actuating elements are spiral-shaped bimetal co i l s .  

The bimetal sensor-actuator i s  primarily radiat ively coupled w i t h  
t h e  "sensed" temperature e 

Louver blades a re  made of t h i n  gauge polished aluminum al loy sheets. 

Louver blades are  center pivoted (1) t o  b e t t e r  withstand dynamic 
environments, and (2)  t o  permit their  usage i n  any spacecraft 
a t t i t ude  during tes t .  

Louvers a re  supported i n  bushing type bearings, 

The temperature f o r  incipient  opening of t he  louvers may be 
varied by adjusting t h e  anchor point of the  bimetal c o i l .  

Individual louvers may be removed from t h e  assembly e a s i l y  f o r  
replacement, cleaning, or inspection without affect ing the  
louver adjustment. 
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TABU I1 

Comparison of Mariner I1 and Mariner C 

Louver Assemblies 

Effective emittance closed 

Effective emittance open 

Area of louver assembly 

Weight 

Weight per area r a t i o  

Actuation range 

Year designed 

Year flown 

Sta t ic  bearing f r ic t ion  i n  
one-G f i e l d  

Louver thickness 

11. Attachment t o  chassis 

MA-I1 - 
.08 

72 

1.76 lb/sq. f t .  

2.20 lb .  

1.76 lb/sq. f t .  

30°F 

1961 

1962 
0 9 angle 

20 m i l  

r i ve t  

MA-C 

.12 

- 

76 

1.62 sq. f t .  

1 . 3 5  lb .  

.83 lb/sq. f t .  

27OF 

1963 

1964 ( ?)  

6' angle 

2 layers 5 m i l  

bolt  



TABU3 111 

Louver Angle Effective Emittance 
Mariner I1 Mariner C Theoretical 

0" 

30 
60 
90 

.08 

* 37 
.61 
9 72 

.l2 
* 57 

76 

TABU IV 

(ADJUSTED LOWER PERFORMANCE) 

Louver Angle Effective Emittance 
---. Mariner I1 Mariner C Theoretical. 

0" 03 03 003 
30 32 48 37 
60 * 56 .62 57 
90 0 67 67 * 63 

Tare 9.0 Sq. In. 21.0 % -- 
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