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FOREWORD

This Phase A Analytical Report which evolved into a preferred con-
cept for the ATS-F&G spacecraft required the group efforts of many GSFC
personnel. This report is a result of the interchange of ideas, discussions,
and critiques among a number of individual authors and groups. Consequently,
assigning specific credit is very difficult.

The first five sections, page I-1 to page V-19 (colored pages), provide the
essence of this report. These sections have been intentionally provided for
the convenience of readers whose interest is broad in scope. For readers
who are interested in further detail, Section VI, VII and the Appendices are
provided.

The complete document was reviewed and coordinated by the ATS-F&G
Study Project Office consisting of Harry L. Gerwin, the Study Manager;
Joseph V. Fedor, the Project Technologist: Marius B. Weinreb, the Space-
craft Manager; and Aldo A. Merollini, the Project Coordinator.

Sections I, II, and IIT, consisting of the Introduction, Project Objectives
and Project Feasibility, were written by Harry L. Gerwin.

The Potential Experiments, Section IV, was written by Joseph V. Fedor
of the Mechanical Systems Branch, Spacecraft Integration and Sounding Rocket
Division, and Harry L. Gerwin.

Section V, covering the Functional Description, was written by George
Keller of the Advanced Plans Staff.

The Launch Vehicle Selection. Section VI A, and the Apogee Motor,
Section VI B, were written by Kenneth Duck of the Auxiliary Propulsion Branch,
Systems Division. Mr. Duck is also the co-author of Appendix B concerning the
ATS-F&G Attitude Control Transfer Orbit, Apogee Motor Burn, and Earth/Polaris
Acquisition.

Section VI D, Computational Support was written by David Stewart and
Anthony Durham of the Tracking and Data Systems Directorate.

Reliability, Section VI E, was written by Aldo Merollini in cooperation
with Samuel Keene of the Quality Assurance Branch.

Section VII A. Structure, was written by Marius Weinreb and Edwin
Stengard of the Systems Engineering Branch, Systems Division.
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The Antenna, Section VII B, was written primarily by William Korvin
of the Communications Research Branch, Systems Division. Hossein Bahiman
of the Communications Research Branch wrote the Thermal Analysis portion
of this section. The Feeds and Experiment Package Truss System was written
by Hossein Bahiman and John Gates. The Reflector Concepts Section was
written by John Gates. Harry L. Gerwin is the author of Appendix A, Antenna
Feed Support Mast Concept Selection.

The Thermal Approach, Section VII C, was written by Marius Weinreb
in cooperation with Joseph Skladany of the Thermal Systems Branch, Space-
craft Technology Division.

Section VII D, Transponders, was written by Paul Heffernan, of the
Communications Research Branch. He is also the author of Appendix E,
Communications Experiments.

Section VII E, describing the Attitude Controls, was written by James
Gatlin of the Stabilization and Controls Branch, Systems Division. He is
also the co-author of Appendix B concerning the ATS-F&G Attitude Control Trans-
fer Orbit, Apogee Motor Burn, and Earth/Polaris Acquisition and of Appendix
C, Closed Loop Interferometer and of Appendix I, Gimbaled Gravity Gradient
Boom.

Thomas Cygnarowicz of the Auxiliary Propulsion Branch, Systems Division,
wrote Section VII F, Auxiliary Propulsion.

Section VII G, Electric Power, was authored by Marius Weinreb of the
Systems Engineering Branch, Edwin Moses of the Space Power Technology
Branch, Spacecraft Technology Division.

Telemetry and Command Logic System, Section VII H was written by
Joseph Silverman of the Systems Engineering Branch.

Section VII I, Spacecraft Environment, was written by G. L. Coble of
Test and Evaluation Division.

Ground Support, Section VII J, was written under the direction of Anthony
Durham of the Tracking and Data Systems Directorate (T&DS) in cooperation
with Howard W. Shaffer and Thomas Grenchik of T&DS. This group also wrote
Appendix D, Link Calculations for Tracking, Telemetry and Command.
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The Electric Propulsion Experiment, Appendix F, was written by Robert
Hunter, Head of the Auxiliary Propulsion Branch.

The Interferometer Experiment, Appendix G, was authored by David
Nace of the Communication Research Branch.

The SCADS Experiment, Apendix H, was written by Irving Lowen of
the Systems Engineering Branch.

The Phased Array Experiment, Appendix J, was written by Thomas S.
Golden, Head of the Antenna Systems Branch of T&DS.

Appendix K, Reflector Antenna Beam Scanning Experiment, was written
by Milton K. Mills of the Communications Research Branch.

The LOCAST Experiment, Appendix L, was authored by Charles R.
Laughlin of the Systems Engineering Branch.

Appreciation is expressed to Karl Plitt of Materials Research and
Development Branch, Systems Division, for his contributions and suggestions

in the materials areas of the spacecraft subsystems for the preferred approach.

In addition, appreciation is expressed to R.A. Stampfl for his technical
consultation, critique, and review in overall systems engineering.
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SECTION I
INTRODUCTION

This report discusses the feasibility and practicability of a 30-foot-
diameter, deployable spacecraft antenna, of providing spacecraft fine pointing
(0.1 degree) and slewing (17. 5 degrees), and of providing an oriented spaceeraft
in synchronous equatorial orbit for advanced technology experiments. The
report is based on the work conducted by three mission study contractors and
supplementary studies made by the Goddard Space Flight Center (GSFC). The
three mission study contracts were awarded by NASA Headquarters, and
technical direction was provided by GSFC. The three study contractors were
General Electric Company, Valley Forge, Pennsylvania; Fairchild-Hiller
Corporation, Germantown, Maryland; and Lockheed Missile and Space
Company, Sunnyvale, California. The GSFC study was undertaken to
supplement the effort of the mission study contractors, and to establish the
nucleus of an in-house team technically well updated and knowledgeable in the
problems related to the ATS-F&G program.

The four studies all produced similar technical conclusions in many
areas associated with the program, but different conclusions for others.
The four reports agree that the validity, feasibility, and practicability of
mission execution have been proven. These aspects are discussed in the two
sections entitled Project Objectives and Project Feasibility. On the basis of
the material contained in these sections and more detailed treatment in other
sections of the report, it is concluded that the project is considered feasible
and worthy of further definition.

The progress made in Phase A (Advance Studies) has carried the program
into Phase B (Project Definition). Extensive trade-off studies have been
conducted in all the areas where specific technical approaches must be
selected. As a direct result of the contractor and the in-house Phase A
studies, trade-off conclusions yielding single approaches were established
for many technical areas. Those problems not resolved directly by such
studies were assessed in the period following the completion of the contractor
work. These assessments of the remaining technical problems have yielded
a system approach.

The appr oach which is preferred at this time, called the preferred system,
is described in Section V. The trade-off analysis for the approach selected for
each area in the preferred system is described in Sections VI and VII. Launch
vehicle trade-off is given in Section VI A. This preferred system will provide




a specific reference for continuing system design effort at GSFC during the
administrative lead time period between the submission of the Phase A
analytical report and the date that contracts are awarded and during the first
few months of the contractor effort. Design and analysis during the stated
period of time offers the opportunity to investigate further alternate subsystem
approaches and to optimize others. It is thus anticipated that a firm spacecraft
design will evolve rapidly. While most optimization can be arrived at by
detailed design, some subsystems or parts thereof will have to be breadboarded
or modeled. By necessity, these latter ones will advance at a different pace
than those designed on paper. It has been recognized that there is a need for
interlacing the design of subsystems in this fashion and advancing design at an
optimum pace. Therefore, it is recommended that Phases B and C be combined
into one phase for this program.

I-2




SECTION II
PROJECT OBJECTIVES
Stated briefly, the ATS-F&G project objectives are to

1. Demonstrate the feasibility of a 30-foot-diameter, deployable
spacecraft antenna with good RF performance up to 10 GHz

[8V]

Provide spacecraft fine pointing (0.1 degree) and slewing (17.5
degrees in 30 minutes)

3. Provide an oriented, stable spacecraft at synchronous altitude
for advanced technology experiments.

The spacecraft design is dictated largely by the first two objectives.
Provisions are being made for additional experiments which require an
oriented spacecraft in synchronous orbit. Experiments which are being
considered (subject to Headquarters approval) are discussed in Section IV.

For the demonstration of a 30-foot-diameter, deployable spacecraft
antenna, the antenna reflector will be folded to fit inside a launch shroud.
When deployed, it will form a reflecting parabolic surface of sufficient accuracy
to provide proper performance for frequencies up to 10 GHz (X-band). The
feed will be capable of performing at several frequencies. To provide error
control signals in roll and pitch, monopulse feeds at X-band and at UHF will
be provided. At X-band, the error signal accuracy will be 0. 01 degree.

Since antenna pattern beamwidths in the order of 0.3 degree are
feasible, a necessary and complementary technology is that of precise
spacecraft attitude control. Attitude control is necessary for quick pointing
toward predetermined RF energy sources or receivers located on the earth
surface or in space. This control technology involves the use of angle-
error detection devices such as earth sensors, RF angle-measuring
sensors, and star trackers. Furthermore, control is concerned with the
technology of forcing systems such as microthrust impulse thrusters, high
performance inertia wheels, and gimbal gravity gradient booms. It also
involves the design of spacecraft which have structural dynamics response
characteristics compatible with three~axis closed loop precise attitude control.
The magnitude and effect of the perturbing forces which the control system
must correct can be predicted. The noise and error sources in the attitude
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sensors can be estimated. These factors cannot be completely measured on
earth since all the environments cannot be duplicated. Therefore, a
significant part of the control system operational program is to determine,
by operational measurements, what aspect of the control problem limits
precision pointing.
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SECTION III
PROJECT FEASIBILITY

Goddard Space Flight Center considers that, based on the absence of
any known scientific limitations which require research, it is feasible to
achieve the objectives set forth in Section II of this report. There are,
however, many elements of the problem which pose engineering challenges
requiring the highest quality engineering talent. The feasibility of the pro-
ject can be illustrated best by examining three specific elements of the
problem.

1. Launch vehicle capability
2. Antenna and feed feasibility
3. Control system feasibility

To determine the total spacecraft weight that could be put into
synchronous orbit, it was necessary to establish the total weight that the
selected launch vehicle, SLV-3C Atlas-Centaur, could put into the transfer
orbit. Total weight was established at 4000 pounds when the existing
Surveyor shroud is used. Since lengthening of the Surveyor shroud would be
necessary to provide adequate volume for the ATS-F&G spacecrafts, it was
also established that each 1-foot extension of the shroud would reduce the
4000 pounds reference weight by 5 pounds. Based on these constraints, the
payload weight into synchronous orbit was calculated to be 1797 pounds for
the GSFC Concept Design Study and varied from 1767 to 1675 for the three
mission contractor studies.

Following these studies, a number of new variables and changes have
been identified. The shroud trade-off weight, which was 5 pounds, has
changed to 7. 6 pounds. It has been determined that a 16-pound destruct
system must be added. Some inconsistencies existed in previous GSFC and
contractor studies relating to the weight assignment of the Centaur payload
adapter. These inconsistencies have now been resolved and it has been
determined that 1805 pounds could be injected into synchronous orbit with
the system described in this report. This results in an on-station space-
craft weight capability of 1389 pounds after jettisoning the adapter. The
total weight of the spacecraft as now configured, including the antenna and
feed, is 1152 pounds. This provides for 237 pounds of weight growth or
additional experiments. It is anticipated that studies by Lewis Research




Center will show that the 4000 pounds of weight can be increased 200 to
400 pounds, yielding a 35 to 65-pound increase in spacecraft weight. In
addition, an optimized kickstage could provide an additional spacecraft
growth weight of about 200 pounds. Based on these data, it is considered
completely feasible to design a spacecraft with the weight capability of the
SLV-3C Atlas-Centaur. It should be noted that the allowance for experi-
ment weight and weight uncertainty in the present state of design is small.

The feasibility of manufacturing and deploying a 30-foot parabolic
reflector can best be examined by considering manufacturing accuracy,
deployment reliability, and reflector accuracy when subjected to the
environments of space. Parabolic reflectors can and are being manu-
factured to a surface accuracy of 0.050 inch. Thus, there should be no
reason why these accuracies cannot be maintained in the manufacturing of
a deployable antenna. The hinged petal configuration, deployed in a one-
operation driving sequence, has been selected because of its inherent
reliability. The flight model antenna deployment system will be cycled
through its deployment sequence several times to prove its operability
before it is flown.

The surface accuracy achieved with such structures when subjected
to the environment of space can only be measured in space. Particular
emphasis was placed on this problem by a review in depth of the work
carried out by Goodyear and General Electric in their ATS-F&G Phase A
mission study. Both companies conducted relatively complete computer
analyses, starting with heat flow as the input condition and RF gain and
pattern plots as the outputs. Several computer programs were required
to conduct the analyses. A program was used to compute the thermal
gradient and temperature contour on the reflector due to heat flow. This
included shadowing effects as the spacecraft traveled through its 24-hour
orbit. From these gradients and temperature contour, a second program
computed the surface distortions of the reflector. A third program
computed antenna gain and pattern using the reflector shape previously
calculated. These computer programs made it possible to construct and
test various design concepts to arrive at an optimized paper redesign.
Computer evaluation of the redesign indicated that, under the worst
conditions, the loss in gain resulting from thermally induced deformation
was 0.2 db at 8 GHz.

While the antenna and feed system are considered feasible, they will
pose the most challenging engineering problem in the ATS-F&G project.
The principal obstacle is the inability to simulate zero g, solar radiation,
and vacuum simultaneously. Since tests are limited to those which can be
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conducted with available facilities, it will be necessary to extrapolate
from the test results to the expected performance in space. This
approach applies to the correlation of results from structural vibration
tests conducted in a vacuum to the dynamic performance of the spacecraft
as it will affect spacecraft control performance in space. It also applies
to correlation between structural distortion of the antenna as measured in
a thermal test chamber under a 1-g field and antenna performance under
flight conditions.

An orbital control system capable of meeting the 0. 1-degree pointing
requirement is considered within the state-of-the-art. Goddard has
considerable experience programming such control systems on analog and
digital computers. This technique, along with analytical analysis, was
used to examine a variety of proposed control systems. A limiting element
in such a control system is the attitude measuring transducer. It
appears that an earth sensor will satisfy the 0. 1-degree pointing require-
ment. However, either an interferometer sensor or a monopulse sensor
utilizing the large dish will permit control system performance better
than a 0. 1-degree pointing requirement. In no case has the slewing
requirement been considered a serious problem. Based on these factors,
it is considered that the orientation control system required for the ATS-
F&G is completely feasible.

The foregoing discussion pertains to the three major specific
elements of program feasibility. Table III-1 completes the feasibility
assessment by showing the concepts considered in selecting a preferred
approach. This preferred approach is shown in the second column of the
table. The three mission study contractor concepts are shown in
columns 3, 4, and 5. Column 6 shows the concept selected in the
Goddard Space Flight Center Concept Design Study. All the individual
concepts selected by the three contractors and by Goddard Space Flight
Center were arrived at independently by conducting trade-off studies of
a broad selection of concepts. Sections VI and VII of this report discuss
these trade-offs in detail. Therefore, the comments which follow on
Table II-1 are limited to a brief discussion of logic for selecting the
approach indicated in the preferred system or the logic for rejection of a
specific concept.

The preferred antenna reflector approach which has now been
selected as the final approach is the side-hinged petaloid concept. The
petaloid approach was selected over flex-rib and other concepts because
it provides a more accurate reflecting surface. The side-hinged petaloid



Table III-1

Analysis of Proposed Design Concepts

Parameter Preferred GE F-H LK GSFC
~ntenna concept Petaloid side-hinge | Petaloid side-hinge | Petaloid Flex-rib Petaloid side-hinge
F/D 0.44 0.4 0.32 0.4 0.5
Deploy. mech. Motor drive Motor drive Springs Motor drive Motor drive
Feed support Fixed-truss Fixed-truss Fixed-truss Boom deployable Fixed-truss
Antenna thermal | Coatings Coatings Thermal blankets Coatings Coatings
design
Control concept Wheel-jet hybrid Wheel-jet hybrid Wheel-jet hybrid Pulsed jet W heel-jet hybrid
pulsed jet backup pulsed jet backup
Sensors Earth, Polaris, Earth, Polaris, Earth, Polaris, Coarse: earth Earth, Polaris,
interferometer interferometer interferometer inertial gyro interferometer
monopulse monopulse Fine: interfer. monopulse
Torquers Reaction wheels Reaction wheels Reaction wheels Coarse: NH Reaction wheels
NH3 resistojet NH3 resistojets N2H4 monopropellant resistojet NHS resistojet
Fine: ion engine
Station-keeping NH3 resistojet NH3 resistojet N,)H4 monopropellant Ion engine NH3 resistojet
Transfer orbit Spinning Spinning Spinning 3-axis Spinning
control
Number of trans-| 2nd apogee 2nd apogee 2nd apogee 1st apogee 2nd apogee
fer orbits
Sensors RF polar. and sun Sun and RF polar. No spin axis Inertial gyro RF polar. and sun

SCADS

control

with earth
sensor

SCADS
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Table II-1 (continued)

Parameter Preferred GE F-H LK GSFC
Torquers Hydrazine Hydrazine Hydrazine Hydrazine Hydrazine
Spinup Solid rockets Solid rockets Solid rockets N/A Solid rockets
Despin Yo-yo Hydrazine Yo-yo N/A Yo-yo

Power System
Solar array
Batteries

Structural concept

Launch vehicle

Apogee kickmotor

Shroud

Station location

Solar conversion
Fixed

NiCd

SLV-3C Atlas-
Centaur

TE-364-3

Surveyor
extended 15 feet

Initial 53° W

Operational 100 °w

Solar conversion
Fixed

NiCd

o

SLV-3C Atlas-
Centaur

TE-364-3

Surveyor
extended 15 feet

Initial 53 °W

Operational 110° W

Solar conversion

Fixed

-

SLV-3C Atlas-
Centaur

NiCd

TE-364-3

Surveyor
extended 12 feet

Initial 53°W

Operational 110° W

Solar conversion
Oriented

NiCd

SLV-3C Atlas-
Centaur

TE-364-3

Surveyor
extended 2 feet
Initial 100° E
o
Operational 147 W

Solar conversion
Fixed

NiCd

TE-364-3

Surveyor
extended 15 feet

Initial 53° W A
Operational 100 W




approach was selected over the bottom-hinged because of its inherent
higher reliability. Also, the fixed-truss feed support was selected over
the deployable boom because of its higher reliability. Analysis to date
indicates that thermal coatings will keep the reflector temperature profile
within tolerable limits. Thermal blankets, although they have an inherently
better performance potential, have limitations such as performance
degradation due to insulation crushing when subject to deployment flexing,
additional weight, cost of installation, and additional handling problems.

TIon engines for spacecraft attitude control and station-keeping were
rejected. These engines represent no particular weight advantage over
reaction jets, and within the present state-of-the-art reaction jets have a
much higher proven reliability. It then follows that the highly successful
reaction wheel jet hybrid was selected to provide attitude fine pointing
control. The interferometer was rejected as the roll, pitch, and yaw
attitude sensor because it is an experiment and the primary operating mode
of the spacecraft should not depend on an experiment for attitude sensing.
The earth sensor and the Polaris tracker to measure spacecraft roll, pitch
and yaw angles for attitude control were selected because of their proven
reliability. The interferometer and monopulse experiments will serve as
backup attitude sensors.

Spinning control was selected over three-axis control while the space-
craft is in the transfer orbit because the spinning control mode has fewer in-
line operating functions than the three-axis control. Therefore, the spinning
control mode is more reliable. The weight difference between the two
approaches, while the spinning mode is favored slightly, is not considered
significant. Both General Electric and Goddard Space Flight Center selected
the flight-proven RF polarization and sun sensor angle measuring technique.
Goddard Space Flight Center proposed SCADS, a star mapper, as a supple-
mentary measuring technique since it offers higher accuracy than the other
approaches. This sensor will be flight tested on ATS-C. Because of higher
accuracy and simplicity this sensor is included in the preferred approach.
Injection into synchronous orbit in the second apogee is preferred because
injection occurs near the desired station location. Injection in the first
apogee is required with the three-axis control mode because attitude data
stored in the gyroscopes will have degraded to an unacceptable value in the
time required to go to the second apogee.

As noted before, the fixed-truss structural concept proposed by
General Electric, Fairchild-Hiller, and Goddard Space Flight Center was
selected because of its higher reliability. The General Electric and
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Goddard Space Flight Center configuration was selected in preference to
that of Fairchild-Hiller because failure of the adapter to jettison would
abort the entire mission. The General Electric approach retained the
adapter. The GSFC jettisoned the adapter but failure of jettison to occur
would only have a minor effect on spacecraft performance. In addition,
the General Electric and Goddard Space Flight Center structural concepts
allow for more versatility in spacecraft growth.

In conclusion, based on the three specific elements which were dis-
cussed at the beginning of this report and data in Table II-1, it is con-
sidered that the feasibility of achieving the objectives set forth in this
program have been proven.




SECTION IV

POTENTIAL EXPERIMENTS

The intent of the Application Technology Satellite Program, of which ATS-
F&G is a part, is to develop progressively the technology required for various space-

craft applications of the future. The technology for spinning satellites is being
developed by ATS-B and ATS-C;the technology for passive gravity gradient
systems is being developed by ATS-A, ATS-D, and ATS-E. It is the intent of
the ATS-F&G project to develop the technology for the deployment, three-axis
control, and utilization of large, high-gain antenna systems, and to provide an
oriented spacecraft at synchronous altitude for advanced technology and scien-
tific experiments.

In addition to the primary antenna and the three-axis fine control technology

experiments, which were covered earlier, two more experiments were speci-
fied in the scope of work issued to the mission study contractors by Head-
quarters. They were the interferometer and self-steered phased array com-
munication repeater. These two experiments are briefly described along with
others in which there is high interest. A more detailed description of the ex-
periments is provided in Appendixes E through L. Technology proposals for these
experiments are being prepared for submission to Headquarters. No implica-
tion is intended as to the approval or exclusive desirability of these experiments
since it is anticipated that a significant number of additional candidate experi-
ments will be proposed during the next phase of this program.

INTERFEROMETER

The interferometer is a radio-frequency sensor that measures spacecraft
attitude (three-axis) during the mission phase. Interferometer technology is well
established and essentially all interferometer parameters can be tested on the
ground. However, to evaluate a closed-loop servo system in which the inter-
ferometer is the source of the attitude error used to control a spacecraft in
orbit, the interferometer must be flown. Flight test is required to qualify the
interferometer as an operational component. The basic sensor consists of two
antennas with phase centers separated by a fixed distance, and electrical phase-
comparing elements. A measurable phase shift cccurs between the RF signals
received by each antenna. The amount of phase shift depends upon the direction
from which the RF signal is received. When orthogonal pairs of antennas are
appropriately located on the spacecraft, the phase shift indicates spacecraft
attitude. The interferometer can also be used to generate error signals for
attitude control of the spacecraft.
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SELF-STEERING PHASED ARRAY COMMUNICATION REPEATER

This is a microwave repeater consisting of a self-phasing antenna system
that automatically forms high-gain beams to receive and retransmit microwave com-
munications signals between two or more earth stations. At least one version
of the phased array concept is relatively new, but like the interferometer its
performance parameters can be tested on the ground. It would be flown to dem-
onstrate communication to small terminals in conjunction with beam steering,
and to qualify it as an operational component in a communications system. In
operation, the stations acquire the beams by sending a cw pilot signal to the
satellite (repeater) which has anRFpattern encompassing the earth. The an-
tenna electronics then direct the beam toward that station and the beam remains
fixed to the station as long as the cw pilot is in operation. A wideband signal
can be received, amplified, and converted to another frequency for re-trans-
mission. Another ground station can receive the signal by alsc transmitting a
cw pilot signal to the repeater. This pilot signal causes the wideband signal
sent by the first station to be re-transmitted along a narrow beam to the second
station. Another satellite can also transmit data to the earth via the phased
array.

The phased array experiment and 30-foot dish beam-scanning, mentioned
later in this section, have performance characteristics that are overlapping in some
areas and different in others. For instance, with a 10-watt spacecraft trans-
mitter tube, a phased array similar to the X-band engineering model, developed
with SRT funds, will provide an effective radiated power (erp) of 36-40 dbw.

With the same transmitter power the 30-foot diameter dish will provide an erp

of 60 dbw. In the receiver role, the 30-foot dish provides approximately 14-

18 db better performance than the phased array engineering mode. The phased
array is capable of communicating with numerous ground transmitting and re-
ceiving stations. The 30-foot dish in the present state-of-the-art is limited.
Beam-scanning of the dish is limited to approximately 3 degrees at X band and
t9.5 degrees at S-band. The engineering model phased array can operate through
an angle of 115 degrees. It appears unlikely than an operational system would
employ both the phased array and the large dish because they compete directly
for the same RG aperture area.

SCANNING CELESTIAL ATTITUDE DETERMINA TION SYSTEM (SCADS)

This is a star-mapping system that provides a simple means of determining
spacecraft attitude information for ATS-F&G during the transfer ellipse mode
(spin-stabilized) and during the mission mode (three-axis stabilized). The prin-
ciple used has been demonstrated at night on the ground. Because of light



scattering dust particles in the atmosphere, a daylight demonstration cannot

be made. An actual test flight in space is required to test this item and to
qualify it for operating systems. SCADS consists of a single on-board

device and a ground-based data-reduction system. The sensor device, by ob-
serving the generally-known star field, provides signals from which the viewed
star field can be positively identified and three-axis vehicle attitude information
derived.

INERTIA WHEEL-GRAVITY GRADIENT BOOM HYBRID

This is a gain-active control system with a gimbaled two-degree-of-freedom
gravity gradient boom. This system can be tested only in a very weak gravity
field; thus, space flight is necessary to carry out the experiment. It can serve
as a source of reaction torque for attitude maneuvers, and as a source of ex-
ternal torque for preventing wheel saturation and for minimizing momentum
storage requirements: The control system provides its own damping, so that
an additional passive damper is not required.

COLLOID MICRO-THRUSTER

This is an electrostatic thruster in the same general category as ion thrust-
ers: that is, exhaust beam kinetic energy is obtained by accelerating charged parti-

cles by an electrostatic field. Tests in space are required to determine the
effect of a zero gravity field on the fuel feed system, to determine the degree
of electrical charge build-up around the spacecraft caused by thruster opera-
tion, and to accurately measure the thrust under space flight conditions. The
colloid thruster differs from the ion thruster in that the charged particles are
multi-molecular rather than atomic. The propellane, which is a moderately-
conductive liquie with a low vapor pressure is sprayed from the tips of metallic
capillary tubes by a high electrical potential. The need for exhaust beam
neutralization is eliminated by having the capillary tubes produce both positive
and negative charged particles simultaneously from adjacent tubes. The
thruster would have a nominal thrust level of 200 micro-pounds, specific im-
pulse of 800 to 1000 seconds, and would require less than 20 watts of power.
The thruster could serve an operational function such as north-south station-
keeping.

COMMUNICATIONS EXPERIMENTS AND DEMONSTRATIONS

A large number of communications technology experiments and demonstra-
tions have been suggested for ATS-F&G. They include such experiments as: TV
and FM broadcast, "'man-pack'' satellite communication, weather forecast/facsimile




broadcast, satellite-to-satellite data, relay, etc. Some of the suggestions have
potential as candidate experiments, others do not. Table IV-lis a summary of
suggested ATS-F &G experiments involving small terminals. Although some of
the experiments are considered impractical, they are also included, at the end
of the table.

No single spacecraft can be designed to handle the total frequency spectrum
required by the experiments. Good management practice then indicates that limited
objectives should be set for ATS-F to suit the alloted time and resources. ‘There-
fore, the following frequencies have been selected for ATS-F: UHF, S-band, and
X-band. Since ATS-G is scheduled later, different frequencies reflecting dif-
ferent experiments can and should be used with this spacecraft.

LOCATION OF AND COMMUNICATIONS WITH AIRCRAFT BY SATELLITE
TRANSPONDER (LOCAST)

This experiment uses a specially-designed transponder in the satellite, a
single ground control facility, and an aircraft equipped with an L-band antenna. The
LOCAST experiment would define the requirements and parameters of an opera-
tional air traffic control system capable of worldwide application. This system
would provide two-way voice and digital data communications between all co-
operating aircraft and their associated ground control facilities by means of a
transponder on a satellite at synchronous altitude. Real-time surveillance over
all aircraft would be provided through continuous position-tracking and auto-
matic reporting from telemetry sensors on board the aircraft.

S-BAND BEAM SCANNING

This experiment will investigate the potential of an S-band antenna system
with a 40-db gain and a 1.3-degree 3-db beamwidth. The first part of the experiment
determines if the deployable 30-foot diameter parabolic reflector can effi-
ciently produce a secondary beam. The second part of the experiment deter-
mines the antenna's capability to scan beyond the limits of the earth's disk (that
is, without moving the reflector). Communication experiments will also be
performed to determ ine the antenna system's capability to rapidly switch beams
between one or more widely-spaced ground station or other spacecraft. Design
of the S-band scanning system is described in Section VII B.




Table IV-1

Summary of ATS-F&G Experiments Involving Small Terminals

ATS-F&G
Application

FM-TV relay to small
central receivers
(system 3-466 MHz)*

FM-TV Relay to Small
Central Receivers
(system 4-7.3 GHz)*

FM-TV Relay to Small
Central Receivers
(system 5-860 MHz)

UHF FM voice broad-
cast to specialized
home receivers

X-band FM communications
(system 2-7.3 GHz)

UHF air traffic
communications
and control

S-band air traffic
communications
and control

Spacecraft
RF Power in
Watts (if
applicable)

40

24

100

40

24
ot dig)e

40
(per channel)

1.0

Design Objective
Source or Refer-
ence System

CCIR standards
for TV relay systems

CCIR standards for
TV relay systems

CCIR standards for
TV relay systems

Applicable military
standards for 4 KHz
UHF FM voice broadcast

Applicable military
standards for voice
communications

ATS-B links with
aircraft at VHF

ATS-B links with
aircraft at VHF

Margin with respect to
Design Objectives or Ref-
erence System;

General Comments

+4,1 db; frequency
allocation problems
for this service would
be very severe**

+4.9 db; a promising
ATB-F&G application**

+0. 4 db; coordination
with existing services
seems feasible

+10.0 db; an ATS-F&G
application worth serious
consideration

+1.7 db; a promising
ATS-F&G application;
area coverage limited

+8.0 db; a poor fre-
quency for the proposed
service

+11. 3 db; experiments
performed at 1.7 GHz
could be used to justify
use of the 1,5 GHz band
for this service

* Analysis given in Reference A and results only quoted here.

** ATS-F&G antenna efficiency of 50% assumed in these applications.
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Table IV-1 (continued)

ATS-F&G
Application

Satellite-to-sat-
ellite IRLS data
relay

Satellite-to-sat-
ellite video data
relay

Satellite-to-sat-
ellite Apollo launch
phase data relay

Position-location
systems

UHF communications
(System 1 - SSB with
compandors at 466 MHz)

Direct broadcast TV
(System 1-466 MHz) *

UHF TV Relay to Small
Central Receivers
(System 2-466 MHz) *

FM voice Broadcast
to Home Receivers with
UHF tuners (466/860 MHz)

UHF FM Voice Broadcast
to Home TV Sets,
Audio Sections only

Spacecradt
RF Power in
Watts (if
applicable)

10

12
(assumed)

2.6

40
(for ten duplex
channels)

40

40

40

Design Objective
Source or Refer-
ence System

Platform-Nimbus
link

Nimbus-Rosman
S-band link

Proposed OPLE
system

Applicable military
standards for voice
communications

Downgraded CCIR
standards for TV
relay systems

CCIR standards
for TV relay systems

FCC field strength
requirements for
home receivers

50 db output ratio

Margin with respect to
Design Objectives or Ref-
erence System;

General Comments

Nimbus erp of 12.3
dbw at 401 MHz would
be required

4x10° bps feasible

4 x 105 bps feasible **

+12. 2 db; platform
power could be re-
duced an order of
magnitude

-0. 3 db; a generally
attractive ATS-F&G
application

-31.5 db; completly
unfeasible with present
ATS-F&G RF pewer
levels **

-19. 3 db; at best, a
marginal operation;
frequency a problem

At least 20 db more
spacecraft power re-
quired for quality
service.

Spacecraft RF levels in
the kilowatt range re-
quired for quality service.

* Analysis given in Reference A and results only quoted here.

**¥ATS-F&G antenna efficiency of 50% assumed in these applications.




SECTION V

FUNCTIONAL DESCRIPTION

INTRODUCTION

The purpose of this section is to provide an overall view of the ATS-F&G
systems in brief form for readers whose interest and responsibilities are broad
in nature. A description of the spacecraft is presented, followed by a descrip-~
tion of the mission from launch through spacecraft operation and thence through
ground operations. Readers requiring detailed information on subsystems,
components, and trade-off selections will find such information and data in
Sections VI and VII.

SPACECRAFT CONFIGURATION

The preferred approach to the spacecraft is illustrated in Figures V-1 and
V-2. Figure V-1 shows the spacecraft in the launch configuration. The
parabolic antenna and solar array are folded to fit into a modified Surveyor
shroud. In the folded position, the solar array and antenna are supported to
tolerate the launch environment and to limit deflections in order to prevent
contact with the shroud. The weight of the spacecraft (Atlas-Centaur capability)
in this configuration, including the TE-364 and adapter complex, is 3254 pounds.
This is the configuration which will be spin-stabilized prior to antenna deployment.
Hydrazine thrusters and fuel used during orbit acquisition are located in the
adapter section.
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LAST STAG PLANE
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Figure V-1. ATS-F&G launch configuration.



Figure V-2 shows the spacecraft fully deployed. This is the operational
configuration. In this mode the spacecraft weighs 1392 pounds and the overall
dimensions are 42 feet across the solar array tips and 20. 5 feet along the
antenna feed axis.

INSULATOR BLANKET—__

SOLAR PADDLE
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7 N
30 'PARABOLIC AMMONIA TANK
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SUPPORT
POLARIS SENSOR - ANTENNA FEEDS
_22/°DIGITAL SUN SENSORS (2)

44°SCADS-TOTAL FIELD OF
AXIS
EARTH SENSOR

Figure V-2. ATS-F&G orbital configuration.

The spacecraft consists of an aft-equipment module, connected by a
tubular truss mast to an earth viewing equipment module. The 30-foot diameter
parabolic antenna and the solar array are attached to the aft-equipment module.
Equipment and experiments will be mounted in both the earth viewing and aft
modules.

The solar array location minimizes shadowing by the antenna. Both sides
of the solar paddles are covered with solar cells. The paddles are fixed in
the optimum position for solar energy collection.

The batteries, power conditioning, momentum wheels, and electronic
components are contained in the aft module. The aft-equipment module also
houses the vernier and attitude propulsion systems and propellant tanks. Attached
to the aft-equipment module is the adapter section, which contains the apogee
motor and the hydrazine propulsion system. The adapter section is jettisoned
during spacecraft deployment prior to the yo-yo despin maneuver. The earth
viewing equipment module contains the feeds for the main reflector; the earth,
sun, and star sensors; and the earth viewing experiments.



The parabolic antenna is composed of petals hinged at the hub and to each
other. The relaxed shape of the petals is that of a true section of a parabola.
This concept permits the antenna to maintain its shape without stresses other
than those incidental to its environment. To minimize environmental stresses,
which are primarily due to solar radiation, the structural members are
insulated to increase thermal lag, thereby minimizing temperature excursions.
The RF reflecting surface is constructed of mesh to reduce self-shadowing as
the spacecraft attitude changes with respect to the sun.

The equipment modules will make use of passive thermal control systems
such as insulation, conducting surfaces, and protective coatings with the
desired reflectivity to emissivity ratio. Active thermal systems such as
temperature-controlled louvers and shunt resistors will also be employed.

Candidate experiments are continuing to be solicited from outside GSFC.
When a decision is reached on the full complement of experiments for each
spacecraft, interface requirements and design accommodations will be developed.
The ATS-F&G system has limited growth capability and is limited in its capacity
to carry a large variety of heavy experiments if the Atlas-Centaur TE-364-3 is
used. Employment of the Titan booster offers considerably increased experiment
opportunities; however, a practical and meaningful mission can be accomplished
with the Atlas-Centaur booster. This being the more critical system, it will be
described in more detail throughout the report.

LAUNCH AND TRAJECTORY

The ATS-F&G can be launched from ETR (Cape Kennedy) by an Atlas-
Centaur TE-364-3, at a launch azimuth of 90 degrees. Figure V-3 shows the
launch vehicle sequence and maneuvers through Centaur second burn. Figure
V-3 also illustrates the Centaur maneuver after second burn, Centaur separation
and apogee motor (TE-364-3) burn. Figure V-4 is a schematic of the transfer
orbit; the numbers provide the sequence.

The Atlas burnout and Centaur first burn place the spacecraft, still
attached to the Centaur, in a circular, nominal 90-nautical mile parking orbit,
inclined 28. 5 degrees to the equatorial plane. The Centaur is then oriented so
that the second burn will result in an inclination reduction of 8.45 degrees. At
the first equator crossing, the second Centuar burn is initiated, resulting in a
plane change (8.45 degrees) and injection into transfer orbit (apogee 36, 000 km,
inclination 20. 05 degrees). Figure V-5 illustrates the transfer orbit and
deployment sequence.
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Figure V-3. ATS-F&G Atlas-Centaur launch.
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Shortly after injection into transfer orbit, the Centaur spacecraft is
oriented to provide the attitude for the apogee motor (TE-364-3) burn, which
will result in an equatorial orbit. The spacecraft is then separated from the
Centaur by means of a spring-ejecting mechanism. Solid rocket motors,
attached to the adapter section, immediately spin up the spacecraft to 60 rpm.
The spin stabilization mode is used to maintain the spacecraft attitude during
the coast-to-second apogee period (about 16 hours). Figure V-6 is a mercator
chart showing the projected orbit path and locations of the transfer orbit
sequences, noted as 1 through 7 in Figure V-5.

During the coast phase, accelerometers will provide nutation sensing.
Attitude information will be provided by sun sensors, RF polarization, and
SCADS. Active nutation damping and attitude corrections will be provided
by two redundant hydrazine thrusters located in the adapter section. This
coast period provides sufficient time (16 hours) to obtain orbit data and make
necessary vernier attitude corrections prior to apogee motor burn.

At second apogee, the TE-364-3 is fired (40 seconds duration) to provide
the necessary plane change and to circularize the orbit. Injection into
synchronous orbit occurs over the western Atlantic (53 degrees W. /Long.)

After injection into synchronous orbit, the spacecraft will be tracked for
16 hours to develop a sufficient body of information for accurate orbit determina-
tion. During this period, nutation damping and attitude control will be effected
by means of the hydrazine thrusters. Upon determination of orbit the spinning
spacecraft will be precessed to achieve the desired attitude; then both thrusters
are fired continuously for the required time to adjust inclination, eccentricity,
or both. These orbit corrections will take from 28 to 76 hours, depending upon
the number of reiterations required.

ACQUISITION

After eccentricity and inclination corrections are made, the hydrazine
thrusters are used to precess the spacecraft spin axis until it is normal to the
orbit plane. The adapter section and spent TE-364-3 are jettisoned. Spacecraft
despin is accomplished by means of a yo-yo mechanism, leaving a residual
spin about the yaw axis of 1 degree per second. Figure V-5, positions 9
through 14, will assist in visualizing the remaining acquisition maneuvers.

The 1 degree per second spin rate causes the sun sensor, mounted on the
roll axis, to scan the sun. The spacecraft spin is stopped when the roll axis
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acquires the sun. The resistojet thrusters are used to stop the spin, and for
all subsequent maneuvers.

After sun acquisition, the antenna is deployed, and a roll rate of 12 degrees
per minute is established. Rotation about the roll axis will result in the earth
sensors scanning the earth. The roll maneuver is stopped when the earth is
acquired. The earth sensors now control the roll and pitch. The sun sensor

still controls the yaw. Yaw control is now transferred to the digital sun sensor
to provide an increased accuracy over the required Polaris acceptance angle.

A yaw bias is established for the acquisition of Pdaris. Yaw control is trans-
ferred to Polaris. The three momentum wheels are then turned on and the
spacecraft is in the operational mode.

OPERATIONAL MODE

During operation the spacecraft will be in a synchronous equatorial orbit
and the 30-foot parabolic antenna will be earth-oriented. At synchronous orbit,
the earth subtends an angle of 17 degrees. The spacecraft will be capable of
directing the antenna beam to any point on the earth disc by using spacecraft
attitude control for antenna beam pointing. In addition, feed displacement, by
means of electronic switching in one axis and mechanical scan in the other, will
permit the S-band transmitter and receiver beams to be pointed ¥9 degrees
from the spacecraft axis. Also monopulse capability will be provided at X-band
and VHF.

Desired spacecraft attitude changes during spacecraft operation are
effected by means of a reaction-jet inertia wheel hybrid. The orthogonal
inertia wheels provide the high accuracy attitude control capability necessary
to the primary mode of spacecraft operation. The inertia wheels also provide
a means for storing angular momentum to offset cyclical perturbations, thereby
economizing on power and fuel consumption. The reaction jets are resistojet
thrusters which use electrically heated ammonia as the propellant. These jets
can provide an acceptable degree of attitude control for certain modes of
spacecraft operation. The gravity-gradient boom experiment will make available
an alternate to the resistojets for torqueing the spacecraft about the roll and
piteh axis.

The attitude sensors used in the normal operational mode are the IR
earth sensors and the Polaris star sensor. The earth sensors determine roll
and pitch. The Polaris sensor determines yaw.



In addition to the sensors used in the normal mode, the complement of
experiments, acquisition sensors, and communication links provide a number
of additional attitude references which may be brought into use. Some of them
are described in the following paragraphs.

The sun sensors which were used during the acquisition maneuvers are
available for repeating those maneuvers or for providing sun orientation.
The sun sensor and the Polaris sensor can be used for earth orientation by
continuously updating the sun sensor angular bias. The spacecraft can also
be controlled, but in a more limited sense, by means of sun sensor and earth
scanners. During this mode of control, attitude about the yaw axis will be
degraded as the noon position is approached. During that interval of time, and
while passing through the earth umbra, the body rate gyros, which were used
during the acquisition maneuver, can provide the stabilizing signals.

As an extreme, the sun alone can be used to provide a three-axis control
reference. The sun can provide pitch reference except while the spacecraft
is passing through the earth umbra (1 hour, 12 minutes). Yaw and roll axis
reference alternately degrade 90 degrees apart. The resulting three-axis
control system would make use of the body-rate gyros to hold the attitude of
the axis which is not under sensor control at any particular moment. Errors
equivalent to 6 hours of rate gyro drift can be expected (1 degree).

The SCADS experiment is available as an attitude sensor both during spin
stabilization and during the operational mode. This type of sensor will be
qualified on ATS-C for use on a spinning spacecraft. The flight on ATS-F&G
will evaluate a modified configuration capable of being used on spinning or
stabilized spacecraft. The system scans a section of the celestial sphere
and transmits the star pattern above a preset intensity threshold. This star
pattern is then relayed to the ground station where it is used to determine
pointing orientation. Indexing may be performed by recognizing star
intervals or by comparative intensities. The SCADS can provide three-axis,
open loop attitude determination.

The RF interferometer experiment provides an additional means of
attitude determination. This experiment functions in X-band (8 GHz) and
measures phase relationships between two coplanar antennas. The use of
two ground stations with this experiment will make it capable of determining
three-axis spacecraft orientation to better than 0.1 degree. This sensor may
be used for open loop or closed loop attitude control.



Antenna pointing direction will be controllable to 0.1 degree by utilizing
the parabolic antenna monopulse system. In this closed loop mode, pointing
direction is controlled by the communicating ground station.

Spacecraft attitude may be controlled by any of the foregoing systems or
by combinations of them. The repeatability of the acquisition maneuver and the
availability of the body rate gyro system will permit an unhurried attitude
determination and the selection of the most appropriate operational mode.

COMMAND, TELEMETRY, AND GROUND SUPPORT

During the lifetime of the spacecraft, command and telemetry requirements
will vary over a wide range for the different situations of transfer orbit, apogee
motor firing, antenna deployment, station-keeping, and normal operation. The
command and telemetry system has been designed to provide an optimum
flexibility for meeting these diverse mission requirements while maintaining
minimal system complexity, size, weight, and power.

COMMAND

The present ATS-F&G command requirements are given below. A
detailed discussion of the command system is contained in Section VII H.

1. = 160 latching-type relay commands
2. =~ 171 ten-bit digital-command-type words

3. = 8 timed tone-execute commands for real time control of
spacecraft functions

To provide this command capability, the following system is proposed.
Expansion capability is available.

1. 256 commands in an X-Y matrix to provide current drivers for
latching-type relays (16 by 16 X-Y Matrix)

2. 10-bit command word (4-bit address, 6-bit command) --
total of 12 address and 64 commands/address (2 bits of the

address will specify relay driver or command word)

3. ""Tone-execute'' command capability
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4. Command rate of 2 commands per second

5. Internal-spacecraft command verification and execute indication
in telemetry bit stream

6. No stored commands
7. No frequency generation

A basic block diagram of a system which will afford this capability is
shown in Figure V-7.

TELEMETRY

The telemetry requirements of ATS-F&G are such that only certain para-
meters require continuous read out, with the intermittent requirements varying
from time periods of a few minutes to several hours. To best satisfy these
conditions, a spacecraft data processing system is proposed which can vary
the sampling rates and sampling points through the employment of various
stored programs. The system for ATS-F&G is based upon the adaptable or
programmable concept, which allows wide variations in sampling rates, points,
and formats, thereby removing many of the restrictions imposed by a non-
selective system. The data processing system capabilities are as follows:

1. Adaptable (programmable) concept to be employed, which will
allow wide variations in sampling rates, points, and formats

2. Two basic transmission rates:

40 samples per second (prior to satellite on station)
400 samples per second (after satellite on station)

3. Sample words to be 10 bits in length
4. 8-bit analog-to-digital conversion capability

5. Capability of accepting analog, 10-bit serial digital information or
10-single bit (i.e., on-off)digital information

6. Distributed commutation to minimize hardness

7. Optional ground programming mode
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8. Optional auxiliary telemetry points for failure analysis
9. No low-level signal conditioning.

The internal configuration of the proposed data processing system is
illustrated in Figure V-8. The heart of the system is the memory, which will
be capable of storing several different programs. To ensure reliable
operation, the memory will be made up of several sections. One section,
having read-only (RO) properties, is capable of having programs inserted at
any time up to launch via a hardwire connection. This section would contain,
as a minimum, the normal operational program. A second section of memory,
having nondestructive-readout (NDRO) properties, would be employed to provide
a reprogramming capability at any time, either before or after launch.

In the actual operation of the system, programs would be loaded into
the memory via either the command link or a hardwire connection. The
specific program being executed would be cycled through under internal logic
control. The bit patterns retrieved from memory would be examined and
utilized to open a gate from one of the approximately 1000 data or telemetry
points the system can handle. Present ATS-F&G requirements are discussed
in greater detail in Section VII H.

GROUND STATIONS

The primary ground stations for ATS-F&G support will take the con-
figuration shown in Figure V-9. Telemetry signals will be received via a
standard receiver system, and synchronization will be accomplished on
either the 400- or 4000-bps bit stream.

The signal will then be fed to a programmable decommutator which will
decommutate the incoming data and provide the appropriate displays and output
data. The decommutator program will be essentially the inverse of the
particular spacecraft program being executed.

The decommutator also provides data to a small command computer.
This computer will allow spacecraft commands to be entered either manually
or via a command tape. A command verification mode is also available
whereby the execution of a spacecraft command can be verified via the
telemetry link before issuing the next command. An additional mode of the
decommutator computer will be the processing of incoming data to remove
redundant information.
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The range and range rate measurement system, and the polarization
angle measurement system is incorporated into the ground transmitter and
receiver system used for telemetry and command. This unification of
tracking, telemetry, and command into one system reduces the number of
separate subsystems required for ground support and maximizes the
probability of successful ground support. The command and tracking uplink
will occupy approximately 250 Hz in the frequency range of 1760 to 1850 MHz,
and the tracking and telemetry downlink will occupy at the maximum
approximately 7 MHz in the 2200 to 2300 MHz range. The wide downlink
bandwidth results from the RARR tones being modulated onto subcarriers
at 1.4 or 3.2 MHz, which permits simultaneous ranging by two stations.
Section VII J, Ground Support, gives the details of tracking, telemetry, and
command ground operation.

Ground Station Orbit Coverage

The tracking and data-acquisition capabilities of Cape Kennedy and of
down-range stations in conjunction with ground stations managed by GSFC
are required to provide sufficient coverage for the ATS-F&G satellites.
Figure V-10 is included to show the significant events of the proposed ascent
trajectory and to illustrate coverage by the ground stations.

Data Acquisition and Command

Data acquisition and command is discussed in three phases, covering
three distinct sections of the launch trajectory and orbit.

1. Launch-to-injection into circular parking orbit

2. Second burn through reorientation of the Centaur

3. After reorientation

Phase 1. Launch-to-Injection into Circular Parking Orbit - This
phase includes liftoff and point 1 in Figure V-10. Point 1 marks the location
of Atlas burnout, shroud separation, and Centaur first ignition. Tracking

data will be available via the C-band Radar Systems located at Cape Kennedy
and downrange.
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Phase 2. Second Burn Through Reorientation of the Centaur - This
phase covers point 2 (termination of first Centaur burn, injection into
circular parking orbit, initiation of coast phase), points 3 and 4 (coast phase),
point 5 (initiation of Centaur second burn and plane change), and point 6
(completion of Centaur second burn, transfer orbit established and reorienta-
tion of vehicle through 175 degrees of the pitch axis).

Phase 3. After Reorientation - The S-band frequencies of 1750 to 1850 MHz
for ground-to-spacecraft and of 2200 to 2300 MHz for spacecraft-to-ground
transmission will be used for this program in conjunction with the transponder
developed for unified operation with Goddard Range and Range Rate System
(GR&RR) for command reception, telemetry transmission, and tracking data
(GR&RR technique) retransmission. A new transponder antenna will be
designed providing linear polarization and a wider beamwidth than is available
from the present transponder antenna design.

Figure V-10 shows that the GR&RR equipped stations at Madagascar,
Carnarvon, Santiago, and Rosman, have more total orbital coverage than
the present ATS-equipped stations. (See Section VII J for details). Quito
would be available for telemetry reception dependent on spacecraft data-
acquisition schedules and priorities by 1970.

It is also anticipated that the remaining dish sites would have S-band
capability during this time frame. A lightweight Minitrack transmitter will
be added as a backup system to provide Minitrack data from Johannesburg,
Madagascar, Orroral, Santiago, and Lima during the transfer orbit.

Orbit Determination

The Cowell Orbit Determination System will be used for the ATS-F&G
program. During the transfer orbit the following stations will provide the
orbit tracking data as indicated:

Rosman (Range and range rate and polarization angle)
Santiago (Range and range rate and polarization angle)
Carnarvon (Range and range rate and polarization angle)
Madagascar (Range and range rate and polarization angle)
Minitrack network (Direction cosines)
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STADAN 40 foot (X, Y angle data)
and 85 foot paraboloids

During the synchronous orbits, primary tracking will be by range and
range rate from Rosman and Santiago. Approximately 3 hours after liftoff,
sufficient tracking data will have accumulated to determine the orbit. The
output of the orbit determination program will be position and velocity of
the satellite as functions of time. Approximately 3 hours after each
maneuver, sufficient tracking data will have been accumulated to redetermine
the orbit.
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SECTION VI
PREFERRED SYSTEM DESCRIPTION AND TRADE-OFFS

A. .LAUNCH VEHICLE SELECTION

For the ATS-F&G mission studies, the three contractors were required
to analyze the applicability of three launch vehicles to the ATS-F&G mission.
The three vehicles under consideration were SLV-3A Atlas-Agena D, SLV-3C
Atlas-Centaur, and Titan IIIC. These vehicles were studied and compared
on the basis of usable payload injected into synchronous orbit, cost, and
vehicle limitations (e.g., nose shrouds, coast limits, etec.). For synchronous
missions the Atlas-Agena and Atlas-Centaur require a kickstage to inject the
spacecraft into a final synchronous orbit while the Titan IIIC does not.

Table VI-1 presents a comparison of payload capabilities and cost for
all three vehicles. In Table VI-1 it was assumed for purposes of comparing
maximum payload capability that optimized kick motors be used with the
Atlas-Agena and Atlas-Centaur vehicles. This table indicates that the payload
delivered by the Atlas-Centaur and Titan IIIC is comparable but that the pay-
load delivered by the Atlas-Agena is much less (~50 percent) than that
delivered by the other two vehicles. Studies performed by General Electric,
Lockheed, and Fairchild-Hillex indicate that an Atlas-Agena launched space-
craft, designed to meet all the ATS-F&G objectives, would be a marginal
system with no growth capability and would be crude compared to the tvpe
spacecraft injected by the Atlas-Centaur or Titan IIIC. The three contractors,
therefore, recommended that the Atlas-Agena vehicle not be considered as a
launch vehicle for the ATS-F&G mission because of its payload and shroud
limitations.

Table VI-1 also shows a comparison between individual cost and cost
per pound of payload into synchronous orbit for all three vehicles. It indi-
cates the cost per pound of payload for the Titan IIIC is 21 percent more than
the Atlas-Centaur. Thus, on the basis of cost per pound of useful payload,
the Atlas Centaur is a more desirable vehicle. However, it must be realized
that some uncertainties exist in the cost figures. Spacecraft weights have a
tendency to grow during the course of a program. Therefore, with a small
weight margin, experiments and weight design must be rigidly controlled.
Cost savings and reliability advantages might be realized by using the Titan
with its greater weight lifting capability.
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Table VI-1

Comparison of Payload Capabilities and Vehicle Costs

Vehicle Atlas-Agena Atlas-Centaur Titan IIIC

Payload Capability

1. In synchronous orbit 1080% 1940* 2100

2. In transfer orbit 2270 4000 —-——
Cost (millions of dollars) ** 759 13.4 17.6
Cost/pound of payload 7.31 6.91 8.38

(thousands of dollars)

* Based on use of an optimized kickstage

** These cost estimates are those given by NASA Headquarters, Code SV, and
are considered preliminary. Further refinement on cost estimates is

required.

Since one of the prime purposes of the ATS-F&G mission is to place into
synchronous orbit a 30-foot diameter parabolic antenna, packaging of the space-
craft is a critical problem. The results from all the study contracts and the
studies performed in house indicate that a shroud extension or new shroud
is required for all three launch vehicles in order to launch the ATS-F&G.
Studies indicate that the development of a new shroud would be mqre costly
than modification of existing shrouds. Detailed descriptions of the fairing
modification for the various vehicles are to be given in the following
paragraphs.

General Electric recommends using the OAO shroud with the Titan IIC
vehicle. This shroud allows a spacecraft diameter of up to approximately
110 inches. General Electric also indicates that the Titan IIIC can be flown
with up to a 25-foot shroud cylindrical length without a significant reduction
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in launch availability and payload capacity since the nominal vehicle
performance must be reduced to meet range safety requirements (i.e., sub-
range Africa). This vehicle has a lower payload acceleration and vibration
level than the Centaur during launch. Thus, a payload designed for the
Centaur can be flown on the Titan with a minimum of modification.

Based on information supplied by the Centaur Project Office, the
preferred shroud for use with the Atlas-Centaur vehicle is the Surveyor type
shroud or some extended version of this shroud. The Surveyor type shroud
is composed of a 15-foot, 30-degree conical section attached to a 5-foot
cylindrical section. Modification of this shroud is achieved by extending the
cylindrical section. This extension weighs 76 pounds per foot of extension.
A payload (into transfer orbit) weight loss of 0.1 pound per pound of shroud
extension results from the modification. The maximum feasible shroud
extension is 15 feet, which results in a 114-pound penalty in the Hohmann
transfer orbit and a maximum payload penalty of 35 pounds in the final
synchronous orbit.

There are no serious launch constraints for the Atlas-Agena vehicle.

The launch constraint on the Centaur is that the maximum time between
burns must be 20 to 25 minutes because of limited battery power capability
and boil-off of the cryogenically stored fuel and oxidizer. To launch a
spacecraftfroma transfer orbit to the synchronous orbit using the Atlas-
Centaur vehicle requires that the Centaur be ignited twice. The first
ignition injects the Centaur/spacecraft into a low altitude circular parking
orbit, and the second ignition initiates the Hohmann transfer orbit to
the synchronous altitude. This constraint makes it necessary to inject the
spacecraft into the transfer orbit at the first equator crossing. However,
if the Centaur coast period is extended so that the second burn can occur
at the ascending node, the time in transfer orbit will be drastically reduced.
Lewisis presently conducting a study with the aim of removing this constraint.

The launch constraint on the Titan IIIC vehicle is the limited life of
the transtage (2nd stage). The transtage guidance and control functions
degrade to an unacceptable level 6 1/2 hours after launch. This constraint
makes it necessary to inject the spacecraft into synchronous orbit at the
first apogee of the Hohmann transfer ellipse. Note, however, that in the
low altitude parking orbit the transtage can be allowed to coast to the
second equator crossing before initiating the transfer orbit.

In conclusion, all three study contractors agreed that a payload
launch by SLV-3C Atlas-Centaur/TE-364-3 is feasible. This launch
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vehicle combination is the most cost effective under the assumptions made.
It should be noted, however, that if the ATS-F&G spacecraft weight
requirement were to outgrow this launch vehicle combination, additional
capability can be provided by upgrading the TE-364-3 or by using the

Titan IIIC. Both are feasible with the present spacecraft configuration.

B APOGEE MOTOR DESCRIPTION AND PERFORMANCE TRADE-OFF

The propulsion system recommended for apogee kick by all three study
contractors (General Electric, Lockheed, and Fairchild-Hiller) and the GSFC
study group was a version of the Thiokol Chemical Corporation TE-M-364 solid
propellant motor. This is the motor which was successfully used on the
Surveyor I launch and the two Boeing Burner II launches. The TE-M-364 motor
is currently being qualified for use as a third stage propulsion system on the
Improved Delta launch vehicle. The specific motor version recommended by
all three study contractors and the GSFC study group was the TE-M-364-3
which is being qualified for use in the Delta program. It is committed to be
flown in the Radio Astronomy Explorer program by the third quarter of 1967.
Figure VI-1 is a drawing of the TE-M-364-3 motor. Its characteristics are
outlined in Table VI- 2.

Table VI-2
TE-M-364-3 Motor Characteristics

Characteristic Value
Specific impulse classified
Average thrust 9890 lbf
Burn time 41. 3 sec
Total impulse 417, 600 lb-sec
Propellant weight 1440 1b
Loaded weight 1.579" 1
Motor length 52.3 in
Motor diameter 37.5 in
Nozzle length 17 in
Average chamber pressure 600 psia
Chamber material steel
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The payload optimization for ATS-F&G using the Atlas-Centaur vehicle
and the TE-M-364-3 solid propellant motor is shown in Figure VI-2. Figure
VI-2 was generated on the basis of the following assumptions: (1) a 15-foot
shroud extension, (2) 9 pounds of expendables used in the transfer orbit
(based on the GSFC study), and (3) a 16-pound payload destruct system which
is carried for all spacecraft having an apogee motor. Figure VI-2 indicates
that the optimum perigee plane change performed by the Centaur vehicle is
8.45 degrees and the maximum weight injected into the final near synchronous
orbit is 1805 pounds. This weight includes the 139-pound empty TE-M-364-3
motor case. Table VI-3 presents a total weight breakdown for the ATS-F&G
mission based on the results of Figure VI-2,

Table VI-3
ATS-F&G Weight Breakdown
Item Weight

(1b)
Atlas-Centaur base line capability 4000
15-foot shroud extension penalty 114
8.45 perigee plane change | 616
Payload destruct system (attached to Centaur) -
Weight into transfer orbit 3254
Expendable usage from spinup and nutation damping 9
Weight at apogee 3245
TE-M-364-3 propellant weight 1440
Weight injected into synchronous orbit 1805
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The TE-M-364-4 motor, an optimized version of the TE-M-364-3 motor,
was examined to determine its applicability for the ATS-F&G mission. The
same assumptions were used as those used for the optimization of the capability
of the TE-M-364-3/Atlas-Centaur combination. This motor consists of the
nominal TE-M-364 motor with a 10. 8-inch cylindrical section inserted between
the hemispheres of the motor case. The motor case is fabricated from titanium
instead of steel. This case weighs 144 pounds and allows a propellant loading
of 2100 pounds. Figure VI-3 is a drawing of the TE-M-364-4 motor. Its
characteristics are outlined in Table VI-4, It was found that in order to fall
within the Centaur capability that the motor would have to be off-loaded by 249
pounds of propellant and that a payload of 2010 pounds (including motor case)
would be injected into the synchronous orbit. A weight brekdown is shown in
Table VI- 5. It was learned, however, that the TE-M-364-4 motor has not
been developed to date and is not a flight proven piece of hardware.

Table VI-4
TE-M-364-4 Motor Characteristics
Characteristic Value

Specific impulse classified
Average thrust 11,700 1b
Burn time 49. 8 sec
Total impulse 602,700 lb-sec (maximum)
Propellant weight 2100 1b (maximum)
Loaded weight 2244 1b
Motor length 68.1 in
Motor diameter 36.9 in
Nozzle length 17 in
Average chamber pressure 600 psi
Chamber material titanium
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Table VI-5

Weight Breakdown Using TE-M-364-4 Motor

Item Weight

(1b)

Atlas-Centaur baseline capability 4000

15-foot shroud extension penalty 114

Payload destruct system __16
Expendable usage from spinup and nutation

damping L9

Weight at apogee 3861

TE-M-364-4 propellant weight 1851

Weight injected into synchronous orbit 2010

In summary it is concluded in all of the ATS-F&G mission studies that
the TE-M-364-3 can be used in conjunction with a Centaur perigee plane change
in order to achieve minimum ATS-F&G objectives.

C. LAUNCH AND ASCENT SEQUENCE

The launch profile for the ATS-F&G mission is similar to that of all the
existing synchronous operational satellites (e.g.Syncom, Early Bird, and
ATS-B); i.e., the spacecraft/launch vehicle combination injects into a low
(90 to 100 n. m.) circular inclined orbit and then at some equator crossing the
spacecraft is injected into a Hohmann transfer ellipse having a perigee altitude
equal to that of the low circular orbit and an apogee altitude equal to the syn-
chronous altitude (19,323 n.m.). At some apogee passage of the transfer
orbit a propulsion system attached to the spacecraft is ignited, injecting the
spacecraft into a near circular equatorial orbit; i. e., the thruster simultaneously
removes the eccentricity and inclination of the transfer orbit leaving slight
residuals resulting from non-perfect systems performance These residuals
are then removed by a vernier propulsion system carried on-board the spacecraft.
Figure VI-4 illustrates the total launch profile. This mission sequence will be
discussed in greater detail in the subsequent paragraphs.

In examining the possible launch trajectories all the contractors and
the GSFC study group chose a 90 degree launch azimuth (measured from south).
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Figure VI-4. ATS-F&G ascent and injection geometry.

It should be noted, however, that if the launch azimuth were decreased, the
longitude of the second apogee of the transfer orbit would lie closer to the
operating longitude of 100 degrees west proposed by the study contractors
(see Table VI-6) Figure VI-5 presents the AV penalty imposed on the apogee
kick motor as a function of launch azimuth. It is seen that if the launch
azimuth deviates from 90 degrees in either direction, the AV penalty increases
with the deviation. Figure VI-6 presents the payload capability into the
transfer ellipse for the Atlas-Centaur vehicle with a 15-foot shroud extension
as a function of launch azimuth and orbit inclination. Figure VI-6 indicates
that a payload penalty results from any deviation of the launch azimuth from
the nominal 90 degrees.

Table VI-6

Launch Trajectories

Launch Azimuth First Perigee Longitude Second Longitude
(measured from south)

90 2.8°W 59.05°W
85 12°W 68.25°W
o 0
80 21°W 77. 25°W
75 29. 5°W 85.75°W
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The study contractors and the GSFC study group all indicate that due to
packaging problems associated with the 30-foot parabolic antenna, the un-
deployed spacecraft will not fit in the standard Centaur Surveyor shroud. The
shroud extensions were different for all four mission studies; therefore, in
order to arrive at a conservative payload capability estimate, the full 15-foot
extension was assumed as indicated above in determining the optimum
perigee plane change to inject the maximum payload into synchronous orbit.

The transfer orbit is established by using the Atlas burn and a first
Centaur burn to inject the Centaur/spacecraft combination into a 90 nautical
mile nominally circular inclined parking orbit and at the first equator
crossing (descending node) which occurs at 2. 8 degrees west longitude the
Centaur is reignited to inject the spacecraft into a Hohmann transfer orbit
having a perigee altitude of 90 nautical miles and an apogee altitude of
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Figure VI-5. Velocity penalty on apogee kick motor
as a function of launch azimuth.
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Figure VI-6. Payload versus orbital inciination.

19, 323 nautical miles. Between the two Centaur burns the vehicle is yawed
(rotated about the local vertical) 32.7 degrees above the orbit plane in

order that an 8 45 degrees orbit plane change be performed with the second
burn. The reason for the plane change is that the TE-M-364-3 motor is not
capable of injecting into synchronous orbit as large a spacecraft as the
Atlas-Centaur can inject into the transfer orbit. Thus, the total payload
capability of the Atlas-Centaur vehicle is reduced by executing the plane
change, but the resulting smaller orbit inclinaticn reduces the AV requirement
on the TE-M-364-3. The net result is more payload injected into the final
orbit. The optimum plane change is one where the payload at apogee of the
transfer orbit matches the AV capability of the TE-M-364-3. The 8. 45 degree
plane change is the optimum as explained in Section VI-B of this report. Figure
VI-7 presents the geometry of the Centaur second burn and Figure VI-8a
illustrates the vehicle yaw before the second burn.
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EQUATORIAL PLANE

Figure VI-7. Centaur perigee plane change geometry.

Following the Centaur second burn the approach to the mission chosen
is that of the General Electric, Fairchild-Hiller and GSFC studies. Follow-
ing the Centaur second burn the Centaur is yawed down in to the orbit plane
(negative rotation) through an angle of 165. 1 degrees (see Figure VI-8b).
This is the direction that the spacecraft thrust axis must point for apogee
injection. The spacecraft is then separated from the Centaur and spun-up.
The Centaur Project Office estimates the angular separation rates will not
exceed 0.75 degrees per second. The justification for selection of the spin-

EQUATORIAL PLANE\@g—/‘I———T 42°

A. FOLLOWING FIRST BURN TERMINATION 8. FOLLOWING SECOND BURN TERMINATION

Figure VI-8. Centaur yaw maneuvers.

VI-14



stabilized system is in Appendix B. Studies performed independently by
General Electric and the GSFC study group indicate that the spacecraft must
be spun at 60 to 80 rpm to keep the coning angle within acceptable limits.
Also it was determined that an active nutation damping system be carried
on-board the spacecraft because of its long slender shape, while in the
undeployed configurations, and its semi-flexible structure. It was recom-
mended by both General Electric and the GSFC study group that solid
propellant rockets mounted about the periphery of the spacecraft be used
for spin-up. The GSFC spin-up system is the one being recommended. It
consists of four equally spaced Atlantic Research Corporation MARC 6-A
1-KS-210 rockets. The characteristics of this motor are shown in Table
VI-7 and Figure VI-9. The reason for this choice over the General Electric
approach is that since the General Electric system uses only two rockets,
the failure of one motor would give the spacecraft only 50 percent of its
desired spin rate and would place a large translational acceleration on the
spacecraft. After separation and spin-up the spacecraft coasts to the
first apogee (104 degrees east longitude) where a spin axis measurement
is taken and any necessary correction is performed. Just prior to the
second apogee (59 degrees west) the TE-M-364-3 motor is ignited and the
spacecraft injected into a near synchronous equatorial orbit. The apogee
burn geometry is presented in Figure VI-10.

Figure VI-11 is a mercator plot of the sub-satellite point for the entire
mission. Table VI-8 lists the major events of the mission and the item number
corresponds to the same number on Figure VI-11.

With the selection of the spin-stabilized launch concept and the speci-
fication that an active nutation damping system should be carried on-board

PVC INHIBITOR

MOTOR TUBE PROPELLANT

NOZZLE CLOSURE

NOZZLE INSERT

MTG FLANGE

Figure VI-9. Atlantic Research Corpoiation MARC 6-A
1-KS-210 rocket motor.
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Table VI-7

MARC 6 Al 1-KS-210 Characteristics (vacuum)

Characteristic Value
Burn time (70°F) , 1.077 sec
Action time 1.501 sec
Average thrust 406 1b
Average pressure 1046 psia
Total impulse 222 lb-sec
Specific impulse 218 sec
Burning rate 0.367 in/sec
Loaded weight 3.381b
Expended weight 2.321b
Length 10. 2 inches
Diameter (maximum) 3.062 inches
Igniter two parallel squibs
Firing current 3.0 amps
Maximum no-fire current 0.2 amp
Resistance 0.35 - 0.65 ohm
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Figure VI-10. ATS-F&G apogee burn geometry

the spacecraft, the injection error removal and despin system selection
narrows down to General Electric and GSFC (Lockheed is three-axis
stabilized and Fairchild has no active nutation damping capability prior
to antenna deployment).

The GSFC station acquisition propulsion system uses two 5-pound
hydrazine thrusters for all spacecraft maneuvers. Therefore, a number of
precessions are required to remove the eccentricity and inclination. General
Electric uses a 10-pound radial jet together with 1-pound axial jets to avoid
the necessity of spacecraft precession. From the standpoint of orbit
correction either system is acceptable. Their relative merits are discussed
in Section VII F (Auxiliary Propulsion).

General Electric uses 1-pound thrusters to despin the spacecraft while
GSFC uses a yo-yo system which requires resistance jet vernier propulsion
to take out the residual rates. The yo-yo system presents no problem if it
is wrapped around the CG. If it is not, it may be critical because of the
unstable inertia ratio for the undeployed configuration. General Electric,
on the other hand, takes 5 to 6 minutes to despin the spacecraft. This is
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Table VI-8

Mission Major Events

Item Time (hours) Event
1 0 Lift-off
2 0.070 Shroud drop
Centaur first ignition
3 0.165 Centaur first cut-off
90 n.m. parking orbit established
Centaur 32.7° yaw maneuver
4 0.427 Centaur 2nd ignition
5 0.454 Centaur 2nd cut-off
165. 1° yaw maneuver
Separate and spin-up
6 2.9517 Initiate spin axis measurement
i 5. 677 Complete spin axis correction
8 10.927 Second perigee
9 13. 017 Initiate spin axis measurement
and correction
10 16.177 Ignite apogee motor
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an undesirable characteristic. Both General Electric and GSFC set a
minimum spin rate for spacecraft stability. General Electric proposes to
despin slowly through the unstable region presenting the danger of tumbling.
The relative merits of a yo-yo and a hydrazine despin system will have to
be determined by a more detailed analysis when the design details are
further refined.

It can be concluded that the sequence presented in this section will
reliably place the spacecraft at the desired synchronous station with errors
reduced to operational specifications.

D. COMPUTATIONAL SUPPORT

The ATS-F&G program will require substantial computational support in
the following five areas:

115 General Mission Support

2 Orbit Determination

3. Attitude Determination

4, Apogee Motor Firing

5. Spacecraft Reorientation and Orbit Adjustment

Details of the appropriate computer programs are available (Reference
VI-1) and will not be repeated here.
GENERAL MISSION SUPPORT

Appendix I (Reference VI-2) describes a near nominal support sequence
similar to that which will be required by ATS-F&G. The spin axis will be re-
oriented during the transfer orbit, and orbit synchronization will take place at
second apogee. Following synchronization the spin axis is oriented in the orbit
plane, and the axial thrusters are used to remove residual orbit eccentricity.
The spin axis is then oriented normal to the orbit plane, and the same axial
thrusters are used to remove residual orbit inclination. Finally, minor adjust-
ments are made in the orbit period so that the spacecraft drifts to the desired
location at 100 degrees west where a final period adjustment places it in syn-

chronous orbit. Figure VI-12 is a general flow diagram of ATS-F&G computa-
tional mission support.
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Figure VI-12. ATS-F&G computational mission support.

The initial support phase runs from liftoff, t(0), to approximately t(0) +
11. 0 hours. During this time computational support provides:

1 Updated acquisition ephemerides for all participating stations
based on the successively more accurate transfer orbit approxima-
tions obtained from the range and range rate and Minitrack data

2. Determination of spacecraft attitude using the nominal orbit and
initial attitude data. When the orbit estimates attain an acceptable
confidence level, the latest orbital elements will bz used ir place
of the nominal set

3. Determination of time.and desired attituae or apogee motor firing

4. Specification of reorientation maneuvers to be performed
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5. Rapid definition of non-nominal mission parameters and presenta-
tion of contingency plans that will maximize the usefulness of the
spacecraft under non-nominal conditions.

The initial support phase is essentially an iterative sequence, utilizing
successively more accurate estimates of orbital elements and spacecraft atti-
tude. The two spin-axis orientations (actual and desired) will be linked through
definition of the control maneuvers to be performed during later support phases.
It should be noted that during the initial mission phase the accuracy of prelimi-
nary estimates for control maneuvers and apogee motor firing are only as good
as the quality of the orbit and attitude approximations available.

The second phase of mission support begins at t(0) + 11.0 hours and ex-
tends somewhat beyond the time of apogee motor firing. Since second apogee
synchronization is required, and a reorientation is necessary to achieve this
goal; the orbit estimate and attitude values available at t(0) + 11.0 hours will
be used in computing the control maneuver. This time constraint is imposed
by the preparation time required to specify a given maneuver. During this
second phase computational support will provide the following outputs:

0 Determination of desired attitude and time of apogee motor firing
to a high degree of accuracy

2. Specification of all maneuver parameters

3 Definition of an attitude correction maneuver, if required

4. Determination of an initial post correction attitude estimate

5. Determination of initial post synchronization orbit and attitude
estimates

6. Location of acquisition ephemerides for the synchronous orbit.

The third phase of mission support begins at injection into the synchronous
orbit and ends when the spacecraft arrives on station. During this interval com-
putational support will provide the following outputs.

1l Definition of maneuvers to adjust the orbit period

Pac Definition of maneuvers to circularize the orbit and ‘remove the
residual orbit inclination
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3. Definition of maneuvers to reduce the drift rate to zero at the
on-station longitude (100 degrees west).

Computational support of the ATS-F&G missions will require the use of
three computers, one for orbit determination, one for attitude determination,

and the third for apogee motor firing and related computations.

Orbit Determination

Determination of the orbital elements will be accomplished by a differential
correction program based on a variable-order Cowell numerical integration
method. The effects of solar radiation, luni-solar gravitation, zonal and tesseral
harmonics of the earth potential as well as biases in station position will be
included.

Inputs to the differential correction program will be the nominal orbit
parameters and tracking data from the Ground Range and Range Rate tracking
stations, from the Minitrack stations, and from STADAN's X-Y tracking an-
tennas.

Outputs from the differential corrections program will be the parameters
defining the orbit. These parameters will be semi-major axis, eccentricity,
inclination, argument of perigee, mean anomaly, right ascension of ascending
node, drift rate, period, height of apogee, and height of perigee.

The outputs of the differential program will be sent to the computer control
center to be distributed to ATS~-F&G control center and the attitude determination
group. Further outputs are tracking and telemetry predictions for the tracking
stations. Figure VI-13 is a flow diagram for the orbit determination program.

Attitude Determination

The purpose of the ATS-F&G attitude determination program is to estimate
and update knowledge of the satellite spin-axis orientation during the transfer
ellipse up to the time of the despin maneuver in synchronous orbit. Sensor data
for this purpose is available when the vehicle is within the coverage zone of a
designated tracking station and can include one or more of the following data
types:

il Polarization angle (POLANG) of the received electric field radiated
from the satellite, defined as the dihedral angle between two planes
intersecting along the line-of-sight vector to be the satellite. One
plane contains the spacecraft spin axis and the other plane contains
the local station zenith vector.
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Figure VI-13. Orbit determination program,

2 The time between consecutive pulses from the two sun sensor slits
is transformed in a ground computer program to the sun angle be-
tween spin axis and sun line.

3. SCADS (Scanning Celestial Attitude Determination System) is a star
mapping system, which through a ground computer comparison with
a known star map provides spin axis orientation directly. Although
presently planned as an experiment, proof of feasibility on earlier
flights could result in SCADS becoming the primary attitude determi-
nation method with the polarization angle-sun sensor technique serving
as a secondary or back-up system .

Polarization angle data is distinct for each station, being dependent on
zenith and line of sight directions. Also POLANG measurements may include
a fixed bias for each station and the attitude program is required to estimate these
biases together with the spin axis attitude, the latter to be given in terms of right
ascension and declination. Appropriate error estimates or confidence levels
for these determined parameters are also to be provided.

The above information will be supplied primarily by the Attitude Determina-
tion program (ATTDET) which is an iterative weighted least squares differential
correction routine requiring initial estimates of right ascension and declination.
Options are available for including POLANG biases as additional variables.
Standard deviations of measurement noise for each data type can be either pre-
assigned or estimated from the data residuals, for later use in the least squares
weighting matrix, Error estimates are expressed in terms of the error ellipse
parameters.
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Because of the relatively short time interval available and the need for
accurate attitude inputs to the apogee firing program, the transfer orbit is a
considerably more critical phase for attitude determination than the subsequent
mode. Of particular importance during this period are criteria for assessing
the quality of both the estimated orbit parameters and the actual observational
data. The Attitude Determination program (ATTDET) requires orbit parameters to
generate observation residuals, and assumes that these elements are perfectly
known. Premature ATTDET runs based on inaccurate early orbit estimates will
yield incorrect right ascension and declination; it is accordingly necessary to
defer such runs until the standard deviations of the estimated orbit parameters are
reduced. The quality of the orbit estimate can be checked, for example, by
making an attitude computation based on a minimum data set from a station (e.g.,
one sun angle and one POLANG). The right ascension and declination of the
spacecraft spin axis thus computed is then compared with ATTDET results based
on the orbit parameters. A large discrepancy would indicate the presence of
orbit errors. It is intended to exploit this and similar types of tests during the
early portions of the transfer orbit.

A different evaluation problem arises when the orbit is accurately known
and the quality of the observations is to be assessed. Obvious "wild" points can
usually be rejected by simple inspection. Significant errors in the remaining
data may be discovered in one of the following ways:

1. Acquisition Table Program run based on previous updated attitude
estimates, and comparison of computed and actual observational data

2. Comparison of RMS of residuals after an ATTDET run with prior
knowledge of noise for each data type.

Tests of this nature will be performed on a continuing basis as new data
is received and attitude updates computed.

When the orbit is well known and data acceptability has been established,
several additional considerations relating to data type and quantity will affect
the operational implementation of ATTDET differential corrections. Included
are type of data, number of time spans of data points, observation noise level
for each data type, and the effect on convergence of the initial attitude estimate.
For example, sun angle data alone is insufficient for an accurate attitude update;
some POLANG information is also required. However, POLANGS over a short
time span are not as useful as perhaps fewer measurements over a longer interval
where the overall change is greater. Considerations such as these will influence
when to effect an up date, when to defer ATTDET runs until additional data is
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received, etc. In order to obtain a prior working knowledge of system performance
under such conditions as cited above, a number of tests will be completed prior to

launch. Results obtained will aid in scheduling program runs under actual operating
conditions and in anticipating accuracy levels for the corrected attitude parameters.

Apogee Motor Firing

The objective of apogee motor firing is to remove the transfer orbit inclina-
tion and circularize the orbit. Since the single burn apogee motor is of fixed
characteristics, a supplemental controllable thrust source is required to remove
the residual orbital errors and when the spacecraft arrives on station (100 degrees
west) to reduce the drift rate to zero.

Determination of apogee motor ignition requirements involves specifying
several spacecraft/maneuver characteristics; during launch, these specifications
must be made available well in advance of actual firing time to permit real-time
command and control of the ATS mission.

To facilitate real-time decision making, preliminary estimates of these
quantities will be formed early in the transfer orbit. As spacecraft data are
refined, the estimates will be correspondingly improved and firm recommendations
made. For each of the above apogee-fire procedures, the Hughes Aircraft
Company developed FUSIT class of computer programs will be used to generate
the required orbital and spacecraft maneuver data. All recommendations will be
based upon this data and upon system/mission tolerances specified by the ATS-F&G
project office. For further details, including apogee motor firing programs, refer
to Reference VI-1 and VI-2.

Spacecraft Reorientation and Orbit Adjustments - To define reorientation
maneuvers the following input data are required:

1. Latest orbital parameters

2. Present attitude of the spacecraft axis

3. The desired attitude of the spacecraft axis
4. Spacecraft status data

a. Data which remain constant or which can be specified for
a range of spacecraft states

VI-26



b. Data which change between maneuvers and must be determined
for each maneuver

1) Fuel system pressures for each system
(2) Spacecraft weight, pounds

(3) Spacecraft spin axis MOI, slug f'r2

(4)  Fuel weight available, each system.

Figure VI-14 shows the reorientation flow diagram.
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Figure VI-14. Spacecraft reorientation flow diagram.

A direct communication link between ATS-F&G Operations Control center
and the commanding station is necessary. POLANG data will be received on a
real-time basis and used as a direct check to assess the progress of the maneuver.
In planning the maneuvers, the sun angle will be kept within the range of 90 degrees
+ 25 degrees.

The data which must be supplied for orbit adjustment command is identical
with the reorientation requirements. If special orbit adjustment requirements are
needed, these will be supplied by the ATS Computer Control Center or the ATS
Project. Figure VI-15, is a flow diagram for the Orbit Control Data program.
The following orbit parameter objectives are defined:

1. On-station location at 100 degrees west longitude

2. Eccentricity approaching zero

3. Inclination approaching -1 degree (2-year spacecraft life results in
0-degree inclination at 1 year and +1 degree at 2 years).

VI-27




8¢-IA

START

COMMAND SYSTEM DIAL
TIME ON - TIME v
AND
STATION + T
4 | |
| | 1
DETERMINE EXAMINE EFFECT DETERMINE IF PULSED
Av F'd ON APPLYING IMPULSE & DETERMINE
FROM DESIRED Av AT ON-TIME TO DELAY <%
FINAL RESULTS VARIOUS TIMES OBTAIN FOR STATION
Av

Figure VI-15.

COMPONENTS OF COMMAND

Flow diagram for orbital control data program.

END



The spacecraft axis will be reoriented during the drift to station at a time
to aid in achieving the desired orbital parameters if no special time constraint is
applied. The following maneuvers will be performed from apogee motor firing
to on-station synchronism:

1. Drift rate increased or decreased to achieve the nominal drift

2. At ATS-F&G control center's option, inclination removal if needed
using thrusters in continuous mode firing at descending node

3. Entry into a transfer orbit which has the following characteristics:
a. Perigee at synchronous radius (22752.3 n.m.)

b. Line of apsides rotated so that the perigee and on-station
position are co-incident when the satellite arrives at perigee

C. Semi-major axis such that the period of the satellite is
commensurate with condition 2

The time and velocity increment to enter into this special transfer
orbit are calculated automatically in a specially designed program.

4. Removal of remaining transfer orbit energy at perigee of transfer
orbit when exactly on station to achieve zero eccentricity and
synchronous on station condition.

In general, all orbit adjustment maneuver times will be selected to remove
eccentricity and inclination as well as to achieve the desired adjustment. A
basic constraint will be minimal fuel usage.

The station to make the command will be selected as noted in Section 5.5.1
(Reference VI-1) except that no continual data readout facility is necessary.

Other then updating programs and system constants the only area where
additional work by the computational support group is required is in the
attitude determination portion of the programming system. If the GSFC-developed
Scanning Celestial Attitude Determination System (SCADS) is flown as a primary
attitude determination system on ATS-F&G, the ATTDET program will be
modified to accept this new type of data.
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E. RELIABILITY

Reliability was emphasized throughout the study period in choosing the
spacecraft design. TFlight-proven hardware was selected where possible, the
number of components performing operational functions on the spacecraft was
minimized, and redundant components were specified where the highly proven
reliability of the component could not be established. Since the Phase A studies
consider feasibility only, spacecraft systems, subsystems and components are
not selected until late in the study, or not at all. Even if they are selected,
they are subject to major changes during Phase B; consequently, the problem
of reliability can be approached only in a general way.

Since the ATS-F&G spacecrafts are considerably more complex in design
and objectives than the present ATS spacecraft series, a design lifetime of two
years will be very difficult to achieve, and perhaps not possible.

During Phases B & C of the program, a reliability contractor will review
the system design and recommend any improvements needed. The reliability
assessments will consider design, quality assurance procedures, high reli-
ability parts, and reliability specifications such as NPC-250-1. Upon com-
pletion of the reliability contractor's studies and the studies of the GSFC Quality
Assurance Group, the design lifetime can be established and, if required, be
part of the project's objectives.

Some specific reliability considerations are described in the following
paragraphs.

ANTENNA REFLECTOR

A side-hinged petaline antenna was selected over flex-rib and other designs
because it provides a more accurate reflecting surface. The side-hinged
antenna was selected over the bottom-hinged, and the fixed-truss feed support
was selected over the deployable boom, both because of higher reliability.

SPACECRAFT ATTITUDE CONTROL AND STATION-KEEPING

Reaction jets have a much higher proven reliability than ion engines.
The highly successful reaction wheel jet hybrid was selected to provide fine
pointing attitude control. The earth sensor and star tracker were selected to
measure spacecraft roll, pitch and yaw angles because of their proven re-
liability. The interferometer and monopulse experiments can also provide these
angles and will be used as back-up attitude sensors if they are selected.

VI-30



SPIN-STABILIZATION DURING TRANSFER ORBIT

This approach was selected over three-axis control because of higher
reliability. Spin-stabilization requires one 5-pound hydrazine thruster; two
are provided for greater reliability. The three-axis control method would
require four 60-pound and four 1-pound hydrazine thrusters and no redundancy
is provided. The accelerometer used for nutation sensing is a simple device
and no redundancy is planned.

DESPIN SYSTEM

Spacecraft spin is to be stopped by a yo-yo mechanism; however, the
gas thruster system will be large enough to stop spacecraft spin by itself if
the yo-yo devices fail.

THREE-AXIS STABILIZATION DURING OPERATIONAL MODE

No redundancy is planned for the sun sensor and gyro rate sensors, used
during the sun acquisition mode, because of the extreme simplicity and flight-
proven reliability of these devices. The gas jets are arranged so that the
failure of one jet would be compensated for by the others. For the earth acquis-
ition mode, the monopulse error detector serves as a back-up in case of
failure of the earth horizon detectors, and the gyrocompass can be used in
place of the Polaris tracker.

If the gimbaled gravity gradient boom experiment is chosen, it can provide
a complete back-up for the control gas system after the spacecraft has reached
the operational mode.

CONTINUED EMPHASIS ON RELIABILITY
After acceptance of a spacecraft design, reliability will be considered
throughout all phases of the program: in conducting system and component

tests; in selecting components, and in system design. GSFC policies and the
appropriate NPC documents will establish the detailed reliability requirements.

VI-31



SECTION VII
SPACECRAFT

A. SPACECRAFT STRUCTURE

The studies of the three contractors and GSFC have evolved four dif-
ferent structural concepts. Their similarities and differences will be dis-
cussed. Figures VII-1 through VII-4 are illustrations of the four concepts.

When viewed in the deployed condition, the four overall configurations
look quite similar, the major difference being the number and size of the solar
paddles. The preferred solar paddles configuration is discussed in Section
VI G (Power). When viewed in the stowed configuration, it can be seen that
two of the concepts, General Electric and GSFC, have two equipment modules
with the antenna mounted to the module nearest the launch vehicle. The
reflector which utilizes the petaloid concept, folds up from the launch vehicle
around the upper module. The main differences between the GSFC and
General Electric concepts are the f/d ratio of the antennas and the equipment
arrangement in the aft-equipment module. GSFC chose an f/d ratio of 0.5
while General Electric chose a ratio of 0.4. The determination of the preferred
f/d ratio of 0,44 is discussed in Section VII-B. General Electric arranged the
electronic equipment in two large bays located outside the load carrying struc-
ture while GSFC arranged the electronic equipment throughout the inside of
the load carrying structure. The advantage of the GSFC concept is that more
efficient use of available space is possible. With the General Electric arrange-
ment, future growth would require extensive structural modification and
addition. Both concepts mount their solar paddles to extended reflector-
deployment trusses. However, General Electric has four paddles while GSFC
has two. General Electric's concept of four solar panels will require more
solar cell area for the same power output due to the two panels in the orbit
plane, shaded by the spacecraft and its reflector. The stowed arrangement of
the solar paddles also differs between the two concepts. General Electric's
paddles are folded back along side the reflector. This arrangement requires
that some paddle launch loads be transmitted through the reflector. The GSFC
concept allows support of the solar paddles directly by the feed support truss.

Fairchild-Hiller chose to configure their spacecraft with a single module
mounted on the adapter which contains the apogee motor. The inverted re-
flector, also of the petaloid type, is folded down toward the launch vehicle.
The primary advantages claimed for this concept are (1) a weight saving for
the reflector mounting base support (this is partially offset by increased re-
flector weight), (2) an accessible (barely) CG for more efficient station-
keeping, and (3) simpler electrical harnessing since all the electronics are
in one module. The disadvantages of this approach are:
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Figure VII-2. General Electric spacecraft concept.
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Figure VII-3. Lockheed spacecraft concept.
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Table VII-1

Weight Comparisons

Weight
Item (1b)
GSFC GE F-H Lockheed

Attitude control 108 3 B 139 93
Station-keeping and attitude control 78 127 126 87
Power system 241 276 180 325
Telemetry and command 60 61 40 51
Parabolic reflector 200 178 274 200
Feeds 10 10 15 7
Spacecraft structure 160 168 150 199
Feed support 75 51 46 30
Thermal control 50 65 - 10
Transponders 60 3 55 46
Harness 75 720 30 65
Antenna instrumentation 35 13 **35 22
1152 1211 1090 1135

Adapter 125 136 150 168
Bal. weights 30 *30 *30 *20
Vernier propulsion 110 107 106 134
Spin up despin 20 7 9 0
Apogee motor fuel 1440 1440 1440 1440
Apogee motor dry weight 140 139 145 130
TOTAL 3017 3073 2970 3027
Capability (1) 3254 3254 3254 3254
Excess for experiments and growth 247 194 294 237

(1) Launch vehicle capability as determined by NASA/Lewis and GSFC,
*  Omitted by the three contractors, but required.
**  Assumed by GSFC from their equipment description.




Failure to jettison the apogee motor is catastrophic to mission
success because it would prevent antenna deployment.

The growth potential and versatility of this concept are very
limited.

If the payload capability were significantly increased by using
Titan IIIC, this additional weight would have to be accommodated
in the same module.

The size of the module is limited by the shroud's conical shape
and acceptable RF degradation, hence full advantage of the in-
creased capability may not be realized without adding a second
module behind the antenna.

Spacecraft structure concept that will have the necessary flexi-
bility to conduct various experiments, including space looking ones,
some undefined at this time, requires versatility which is not pro-
vided by this concept.

These disadvantages are significant enough to cause rejection of the Fairchild-
Hiller structural concept.

The Lockheed concept utilizes the flex-rib antenna, This makes the launch
configuration quite different because the antenna wraps on a drum to make a
compact package. In addition, Lockheed chose a deployable feed package and
deployable solar paddle supports. In the launch configuration this further re-
duces the size of the overall spacecraft. The feed package and solar paddles
are deployed by a Lockheed Missile and Space Company-developed tri-beam
extendible boom. Offsetting the advantage of the compact spacecraft is the
reduced reliability associated with deployable structures. Since GSFC has
selected the hinged petaloid reflector concept, the Lockheed spacecraft con-
cept would lose its compact advantage and would not be compatible with the
selected reflector.

For ATS-F&G the on-station weight of the spacecraft is a primary area

of concern.

The Centaur capability allows a spacecraft weight of 3259 pounds

to be launched, however, when deductions are made for the apogee motor,
transfer orbit propulsion, and adapter; the on station weight of the spacecraft
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| In the area of attitude control and station-keeping propulsion, the GSFC
weight is lower than that of General Electric and Fairchild-Hiller because the
Goddard study assumed minimum north/south station-keeping. The Lockheed
weight is lowest because their control system does not utilize reaction wheels,
and their thrusting system utilizes primarily ion engines. In the area of solar
paddles, Fairchild Hiller weight is low because they attach the paddles to the
tip of the reflector, hence no support weight is included. This effect results
in a higher weight for the reflector. Lockheed's weight for solar power is
much greater than that of the others because of their large power requirements
(900 watts average). In the area of feed support the Goddard weight is

high because of the assumed f/d ratios of 0.5. General Electric and Fairchild-
Hiller assumed f/d ratios of 0.4 and 0. 32 respectively, hence their lower
weights. Lockheed's weight of 30 pounds is derived from the fact that they
have a deployable feed. In the area of thermal control, Fairchild Hiller and
Lockheed assumed passive control. It is felt that this assumption is not
realistic and consequently, these weights will increase. Fairchild-Hiller
harness weight is low because of their single module approach; however, it

is felt that their estimate is somewhat low. Because Lockheed uses a three-
axis control during the transfer orbit, they require no weight for spin up and
despin. The table shows about 200 to 250 pounds of available weight for
growth and additional experiments.

In this spacecraft 285 pounds for the antenna which is inherently a part
of the spacecraft structure can be considered experimental work. This yields
about 485 to 530 pounds of total experiments for ATS-F&G. As noted in
Section VI B of this report, an optimized apogee motor can be developed which
will provide an additional 205 pounds capability. Also, growth in the Centaur
launch vehicle could provide an additional 35 to 65 pounds increase in capability.
The 200 to 250 pounds of additional experiment and spacecraft weight growth is
an uncomfortably small margin at this point in the program. Thus, this problem
must be assessed in more detail.

Portions of the spacecraft structure are considered difficult problem areas,
therefore, a related SRT task has been submitted to conduct analyses of these
problems at an early time. The SRT task, "ATS-F&G Spacecraft Structures'’,
will ¢ ~1 main'> with the feed support and the solar paddle support structures.

To summarize, the structural approach that promises to meet the re-
quirce -ents of ATS-F&G most reliably is two equipment modules separated by
a fixed truss with the antenna mounted to the aft-equipment module. With this
configuration, the weight available for growth and additional experiments is
about 200 to 250 pounds.
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B. ANTENNA
INTRODUCTION

This section discusses the trade-off considerations in establishing the
design of a deployable 30-foot diameter, X-band surface-tolerance parabolic
reflector. The discus<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>