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Preface

The 3rd Aerospace Mechanisms Symposium, held at the Jet Propulsion
Laboratory, California Institute of Technology, on May 23-24 1968, was spon-
sored by the University of Santa Clara, Lockheed Missiles & Space Company,
and the Jet Propulsion Laboratory. The Symposium brought together approxi-
mately 300 representatives from 68 organizations concerned with the use of
mechanisms in space.

The organizing committee included Richard K. Pefley and Stein Weissenberger,
University of Santa Clara; Alfred L. Rinaldo and George G. Herzl, Lockheed
Missiles & Space Company; Paul Bomke and Peter T. Lyman, Jet Propulsion
Laboratory; and James L. Adams, Stanford University. The review panel for
papers submitted at this Symposium consisted of James L. Adams, Peter T. Lyman,
and George G. Herzl, chairman, who edited the submitted papers in cooperation
with Mrs. Mary Fran Buehler of the Jet Propulsion Laboratory.

Management representatives of the sponsoring organizations who gave active
support and encouragement were the Very Reverend Patrick Donohoe and
Robert Parden of the University of Santa Clara, William H. Pickering and
Geoffrey Robillard of the Jet Propulsion Laboratory, and Wayland Griffith
and Elmer Wheaton of Lockheed Missiles & Space’ Company.

Additional assistance in preparing for this Symposium was provided by
Mrs. Marilyn Buck of the Jet Propulsion Laboratory, who handled many of the
details of the meeting,

The meeting was divided into four sessions with the following chairmen:
1. May 23, Morning Session Robert Debs, NASA Ames Research Center

II. May 23, Afternoon Session Robert F. Steidel, University of California
at Berkeley

ITI. May 24, Morning Session Bernard Roth, Stanford University

IV. May 24, Afternoon Session Francis J. Carroll, NASA Electronics
Research Center

A feature of this Symposium was a panel discussion, “Bearings and Suspensions
in Space.” Members of the panel were D. L. Kirkpatrick, General Electric Com-
pany; William J. Kurzeka, Atomics International Division of North American
Rockwell Corporation; H. I. Silversher, Lockheed Missiles & Space Company;
and George G. Herzl, Lockheed Missiles & Space Company. The moderator was
William J. Schimandle of the Jet Propulsion Laboratory. The introductory remarks
of the four panel members are a part of these Proceedings.
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Opening Remarks
P.T. Lyman

Jet Propulsion Laboratory

It is my pleasure to welcome you, on behalf of the organizing committee, to
the 3rd Aerospace Mechanisms Symposium. This Symposium is sponsored by the
University of Santa Clara, the Lockheed Missiles & Space Company, and
the Jet Propulsion Laboratory of the California Institute of Technology. We have
here today attendees from many areas of the United States and Canada, repre-
senting industry, universities, and various government agencies.

The prime purpose of this Symposium is to provide a forum for the open dis-
cussion and interchange of the real world problems of interest to the designer of
aerospace mechanisms. The organizing committee believes that this Symposium
is unique in this purpose, inasmuch as other mechanisms conferences are, in most
part, oriented toward new theory. If one is willing to consider knowledge as an
expanding sphere as a function of time, one can then argue that the designer’s
job is far more difficult than the theoretician’s, The designer must consider all
knowledge, past and present; in other words, the volume of the knowledge sphere.
On the other hand, the theoretician worries primarily about new knowledge only;
in other words, the surface of the knowledge sphere. It is the recognition of this
kind of situation which has led to this series of Symposia.

In response to the Symposium’s call for papers, many fine papers were sub-
mitted. Unfortunately, due to the limited time available for presentation and the
requirement to present a broad but balanced spectrum of topics, we were not
able to accept all submitted papers for presentation.

Papers on flight and development failures were encouraged primarily. Such
papers are often more valuable than reports of successful efforts, since they pre-
vent others from following blind alleys and making costly mistakes.

We encourage your aggressive and critical discussion to draw this information
from the authors.

If the interchange of ideas at this Symposium plays a role in preventing a

major problem or a failure in a flight program, then the cost effectiveness of this
Symposium will be incalculable.
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A Brushless Despin Drive and Control for a

Communication Satellite Antenna

M. F. Fleming
Philco-Ford Corporation

Space & Re-entry Systems Division
Palo Alto, California

D. D. Phinney

Ball Brothers Research Corporation
Boulder, Colorado

This paper describes a brushless despin mechanical drive and control system
used to orient a high-gain communications antenna from a spin-stabilized satellite.
This drive scheme can be readily adapted to applications requiring three-axis
stabilization and high reliability. The paper reviews both the design and the

performance test results.

l. Introduction

One of the promising techniques for communications
satellite operation is to employ a steerable antenna to
achieve high gain and still retain the inherent advantages
of spin stabilization. This paper describes a mechanically
despun antenna developed at Philco-Ford Space & Re-
entry Systems Division, with Ball Brothers Research
Corporation acting as the subcontractor for the mechani-
cal subassembly. This antenna, designed for operation in
the 7- to 8-GHz frequency band, consists of three major
elements: the motor drive assembly, the control elec-
tronics, and the RF antenna. The total system weight is
approximately 12 1b, including redundant control elec-
tronics, while the average power is less than 5 W. The
unit has been designed for a 5-year lifetime and possesses
features readily adaptable to a variety of despin applica-
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tions. The antenna is designed to provide earth coverage
from synchronous altitude. The required peak gain is
18.0 dB with the half-power point at 9.5 deg off axis.

Figure 1 shows the general arrangement of the antenna
in the spacecraft. The despun horn-reflector combination
is concentric with the spacecraft spin axis. Radiated
energy is focused on the reflector by means of a horn
and RF lens and then reflected through an angle of
90 deg so that the beam is continually directed toward
the center of the earth as the satellite spins, Also shown
in the figure is the location of earth sensors which pro-
vide the basic steering signal for the antenna motor
drive. Radial and axial thrusters are used to maintain
longitudinal station and to periodically correct spin axis
attitude as required for proper earth coverage.



COMMUNICATIONS
ANTENNA

SUN ANGLE
SENSOR (2)

EARTH
SENSOR,
SUN GUARD
SENSOR (2)

SUN SENSOR (2}
AXIAL NOZZLE (2)

RADIAL NOZZLE (2)
REACTION CONTROL

Fig. 1. Spacecraft arrangement showing
antenna and drive assembly

ll. Despun Antenna System

The despun antenna system consists of the following
major subassemblies:

(1) RF subassembly, consisting of radiating aperture
(horn, lens, reflector), orthomode-transducer, po-
larizer, and rotary joint (not discussed in this
paper).

(2) Motor drive assembly, consisting of bearings with
lubrication provisions, motor, resolver, angular
rate pickoff, and position pickoff.

(3) Control system, consisting of an earth sensor as-
sembly, which provides the earth center reference
signal, and control logic circuitry, which drives the
motor with respect to the earth reference signal.

A. Motor Drive Assembly

The antenna is supported and positioned by the motor
drive assembly. There are two pertinent considerations
in the mechanical design of this component: (1) the
requirement to withstand the launch environment with-
out the complexity of a caging mechanism and (2) the
requirement of a mission lifetime of 5 years, which
influences the selection of lubrication and bearing con-
figuration and the selection of a drive motor that avoids
sliding electrical contacts. The final configuration is
shown in Fig. 2.

1. Bearings and lubrication. The basic bearing size is
dictated by the RF waveguide, which has a 1l-in. bore.
Bearings chosen were of the thinnest available cross sec-
tion large enough to go over the waveguide and have a
capacity sufficient to withstand launch loads with a large
safety factor.

BRUSHLESS MOTOR

.,,
72

&
X

ANTENNA MOUNT
SHAFT
BEARINGS

LUBRICANT
RESERVOIRS

RESOLVER

MAGNETIC
PICKUP
(1 OF 3)

Fig. 2. Cutaway of drive assembly

In order to have a one-piece ball separator with fully
enclosed pockets, one shoulder of the outer race is re-
lieved to permit assembly. The bearings are placed back-
to-back on opposite ends of the shaft. The outer race of
the antenna-end bearing is slip-fitted in the housing and
preloaded axially outward by a light spring. The spring
is installed in a cup that is cut to length at assembly to
give just enough axial play on the shaft to compensate
for differential expansion between the housing and shaft
when the unit heats to its maximum operating tempera-
ture. Spring preload is sufficient to locate the shaft firmly
and is well below the minimum thrust capacity of the
bearings for 5 years of operation at 110 rpm and maxi-
mum achievable reliability. The bearings are made of
consumable electrode-vacuum melted 440 C corrosion-
resisting steel to provide maximum fatigue capacity
and resistance to atmospherically induced corrosion with
a standard available material.

The lubricant consists of a low-vapor-pressure organic
liquid with metallo-organic additives. It is applied in a
thin film on all bearing surfaces and is impregnated into
the ball separator, which is specified with a controlled
porosity in order to provide it with lubricant capacity.
The lubricant and application method bear the designa-
tion Vac Kote by Ball Brothers Research Corporation,*

'For more information on Vac Kote, see “Lubrication of DC Mo-
tors, Slip Rings, Bearings, and Gears for Long-Life Space Appli-
cations,” by B. J. Perrin and R. W. Mayer, in these Proceedings.
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who developed the process for use on the Orbiting Solar
Observatory (OSO) series of satellites.

Lubricant replenishment is accomplished by oil stored
in porous nylon reservoirs located on both sides of each
bearing. Oil in the reservoirs outgasses slowly until
equilibrium is reached between the oil-coated surfaces
of the assembly and the oil vapor in the closed compart-
ment. As an oil molecule is lost by evaporation from any
surface, it is replaced by one striking and being captured
by the temporarily depleted area. At equilibrium there
is a continuous interchange of lubricant molecules be-
tween the bearing surfaces, the space around them, and
the oil-coated internal walls of the assembly. Qil mole-
cules finding their way through the labyrinth seals are
replaced by ones from the reservoirs. The thin lubricant
films which this system deploys have been proved
capable of lubricating lightly loaded ball bearings at
moderate speeds and temperatures by hundreds of space-
rated components, many operating for thousands of hours.

2. Overall construction. As seen in Fig. 2, the motor

and resolver rotors are mounted on an inner shaft with
journals for the bearing inner races. This shaft is titanium
to eliminate differential expansion effects on the resolver
rotor which could affect its output. The titanium shaft is
sleeved with an aluminum tube which is flanged at one
end to mount the antenna and which forms the wave-
guide through the center of the assembly. The toothed
wheel, which excites the magnetic pickups, and the ro-
tary RF joint flange complete the shaft assembly. The

magnetic pickup exciter wheel and the waveguide flange
have integral rings which fit closely in grooves in the
housings to form labyrinth seals that retard the escape
of lubricant.

The housing is in two parts, both magnesium with
Dow 17 surface treatment. Bearing outer ring mounting
bores are sleeved with 416 corrosion-resistant steel to
provide increased resistance to assembly damage and
to reduce differential expansion effects on the bearing
fits. An AND10050-2 boss is provided for attachment of
a nitrogen purge line for prelaunch operation during
periods of high relative humidity, which might cause
bearing corrosion.

B. Control System

The control for despinning and stabilizing the antenna
with respect to the earth is shown in the functional block
diagram of Fig. 3. The IR earth sensor mounted on the
spinning portion of the satellite provides the basic point-
ing reference for the despun antenna, The sensor used in
this system operates in the 14- to 16-micron IR band and
is free of cloud-induced interference. Such a sensor was
manufactured by Lockheed Missiles & Space Company
initially for the P-11 Program, the Despun Antenna Test
Satellite, and the Intelsat Program. The sensor in use on
the present program is a high-reliability version having
a calculated mean time to failure of 90 years. The
Lockheed sensor provides an earth center reference ac-
curate to within 0.2 deg.

RATE - RATE

NETWORK [ pickore [ "]

IR EARTH PHASE COMPENSATING| + A | DEMODULATOR
-~ ! M AND
SENSOR DETECTOR [™| ELECTRONICS mopuLATOR [~ RESOLVER | 1 oower MOTOR = —
AMPLIFIERS
T 1 |
_| acauisition | |
"] NETWORK | '
POSITION | _ |
PICKOFF

Fig. 3. Despun antenna control loop functional bleck diagrom
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Antenna position with respect to the spinning space-
craft is obtained by the use of two magnetic pickups and
a steel tooth attached to the drive shaft. Angular rate
data are delivered by a third magnetic pickup which is
excited by a multiple-toothed steel disc. It was found
during development that a high-performance tachometer
is necessary to accomplish the pointing accuracy require-
ment. Two position sensors are used: the signal from the
first is used as a prime reference, while the second,
mounted 180 deg from the prime, accomplishes sign in-
version for the control circuitry. The output of the angu-
lar rate magnetic pickup is in the form of a pulse train
with a frequency proportional to rotor speed. To avoid
the need for a digital frequency lock loop and phase
detector, the signal-processing technique converts the
pulse train to a speed-proportional signal having a form
analogous to the output of a tachometer. Implementation
becomes simple in principle and design.

The resolver-commutated synchronous motor affords
the system maximum efficiency without the complexity
of a special starting circuit and without compromising
the long life objectives through the introduction of slid-
ing contacts.

The drive employs a rotary transformer-type resolver
which, when properly aligned, acts to commutate the
synchronous permanent magnet motor. The resolver has
an input winding which is excited at 1000 Hz and two
output windings which have an output proportional to
the input at the input carrier frequency modulated with
a trigonometric function of the angular position of the
rotor. The rotor is a variable reluctance element having
shorted windings, whose turns and winding distribution
are controlled to obtain an optimum modulated wave
shape on the output winding and a desired phase rela-
tionship between the two windings. The resolver sche-
matic is shown in Fig. 4. The figure also shows the
relationship between input and output signals where ¢ is

ek sin (w/+¢) cos 88 EX 88
A | DEMOD cos
RESOLVER AMP MOTOR
PERMANENT

MAGNET ROTOR

DEMOD
AMP

eksin(wi+¢) sin 86 £X'sin 80

Fig. 4. Motor-resolver block diagram

an electrical phase shift between the carrier frequency
input and output and 6 is the angular position of the rotor.

The acquisition network consists of a speed differen-
tial circuit. The earth sensor output triggers a monostable
to generate a speed-dependent signal as described above
for the rate network. This signal is compared with the
output of a similar tachometer circuit operated by
the position feedback magnetic pickup. The output error
is proportional to the speed differential, after filtering,
and is fed to the compensating electronics.

1. Test Results

Performance data available at the time of publication
reflect results of two successful breadboard systems and
one model constructed of flight quality components in
flight model configuration. The data represent the cumu-
lative effort of approximately 10 months of intensive
design, simulation, test, evaluation, and redesign.

The power required to operate the mechanically de-
spun antenna is described in two respects, starting tran-
sients and tracking. The maximum power input during
the starting is limited by the dc-dc converter and is no
greater than 7.5 W lasting no more than 10 s. The run-
ning or tracking power varies with bearing drag and
speed of rotation. The bearing drag varies inversely with
temperature and is practically independent of speed in
the range of 76 to 105 rpm. A plot of total power versus
temperature is shown in Fig. 5. The power includes the
requirements for (1) a shunt regulator to reduce bus
current ripple to 15 mA peak to peak, (2) the de-de con-
verter losses, and (3) the control power for the motor

8.0
& 70 ‘\1
ol ~—SYSTEM ALLOCATION
o eo
=29 N
2% sof—DN
3z o w
duk \
[N ]
w83 40
23 g h—
228 30 L
=g N— MEASURED
< 20
PREDICTED RANGE }¢--
1.0 | 1 1 1
-30 ~10 (0 30 80 70 90 110 130 150

TEMPERATURE, °F

Fig. 5. Bus power vs temperature

3rd AEROSPACE MECHANISMS SYMPOSIUM



drive assembly. The design margins in Fig. 5 result from
specifying a 30°F temperature range in excess of the pre-
dicted limits. The control circuitry can drive the motor
at 180% of the most severe drag torque predicted.

The tracking error varies with speed. Slower speeds
result in a greater sensitivity to tachometer errors caused
by runout. Electronic drift errors also increase, although
slightly. Temperature-induced drift errors are of second-
order consequence, with the test data reflecting the jitter
error caused by resolver-motor nonconformity and me-
chanical runout. The results of measurements made on
the development model are shown in Fig. 6. In order to

ACQUISITION TIME

l=— 90 s i
- p-P ERROR, 0.75 deg
05
I deg
__ tos&
b
L)
0.5
o
. N\ \——SYSTEM ALLOCATION
o 04 AN
o N
&
0.3 \
2 ~
X \’\__
3 £0.2
E PREDICTED RANGE
ol 4 | ]
75 80 80 100 110

SPEED, rpm

Fig. 6. Acquisition and tracking performeance
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demonstrate the context of information shown in Fig. 6,
a sample of the acquisition transient is included. The
acquisition transient shows the time (=90 s) from turn-on
to tracking at the +0.5-deg level. The 0.5-deg allocation
is from a total system requirement of +1 deg and is
proportioned between mechanical alignment (0.1 deg),
earth sensor errors (==0.2 deg) and the despun antenna
control.

IV. Summary and Conclusions

A despin drive making use of what is believed to be
a unique application of a resolver-commutated syn-
chronous motor to a speed servomechanism has been
described. The total system is simple, has a minimum of
moving surfaces in contact with each other, and conse-
quently has a high reliability for the long space mission
it is designed for. All these characteristics make the drive
well suited to its intended mission as well as to others
that may arise in the future.

Salient conclusions drawn from this design experience
are:

(1) A resolver-commutated synchronous motor is prac-
ticable for high-precision orientation requirements.

(2) Sliding electrical contact surfaces can be avoided,
enhancing confidence in a long mission lifetime
objective.

(3) The system weight and electrical power require-
ments are extremely attractive, particularly when
compared with other schemes.

(4) The system can be readily adapted to related de-
spin applications.



Discussion

H. Smallen: Why was not beryllium used instead of magnesium for
the housing of the drive assembly (Fig. 2)?

Beryllium has physical and mechanical properties which enhance
its use for bearing housings for aerospace applications. These
include:

(1) Coefficient of expansion comparable to steel bearings and

races.

(2) High stiffness.

(3) Light weight.

(4) High-precision elastic limit.

(5) High damping capacity.

(6) Better corrosion resistance than magnesium (does not re-

quire protective coating as does magnesium).

(7) High thermal conductivity.

(8) High specific heat.

The use of magnesium for the drive assembly housing necessi-
tated the use of a titanium shaft to eliminate differential expansion
effects on the resolver rotor. This, along with an aluminum tube,
complicated the device. In spite of the high beryllium cost com-

pared to that of magnesium, it is believed that a better and less
expensive drive assembly would have resulted.

VHPB (vacuum hot-press block beryllium) would be the logical
choice. This material is easy to machine and many intricate hous-
ings have been fabricated for space applications.

Table D-1 compares beryllium and titanium for bearing housing
application.

D. D. Phinney: Beryllium has excellent characteristics for use as
a structural material in despin drives. Our investigations show,
however, that the cost differential is significant and cannot be
justified in all instances. Titanium and magnesium were used in
the subject drive instead of beryllium because of lower cost and
better availability, at a penalty of a few ounces of weight. When
all requirements were considered, no significant design simplifica-
tion appeared possible by using beryllium that would offset its high
cost. Use of magnesium for the housing, on the other hand, sim-
plified handling procedures, since magnesium is not notch sensitive
while beryllium requires any surface scratches to be etched out to
prevent cracks.

Table D-1. Physical and structural property comparisons for beryllium and magnesium

. Young’s Typical tensile strength, ksi Thermal Specific Thermal
Alloy De"f"’;’ dulus, conductivity, heat, expansion,
I /in. 10° psi Fru Fiy Bty fi/h #° °F Btu/Ib/°F 10 in./in./ °F

VHPB

beryllium 0.067 4244 50 40 110 0.40 6.2
Magnesium 0.066 6.4 36 29 35 0.25 13.5
F,, vltimate tensile strength.
F,, ftensile yield strength.
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Flexural Pivots for Space Applications

F. A. Seelig
The Bendix Corporation Fluid Power Division
Utica, New York

Design considerations and problems encountered in fabricating flexural pivots
for use as structural members are discussed. Applications described include
engine mounts, camera telescope mounts, missile support systems, gimbal assem-

blies, and trunnion pivots.

l. Introduction

Flexural pivots have been successfully applied in space
programs by many NASA contractors and other agencies.
It is intended here to discuss some of the design consid-
erations and problems encountered in fabrication of
pivots for those applications where flexural pivots are
utilized as structural support members (as opposed to
those used in instrument sensing devices). Typical appli-
cations are engine mounts (Lunar Orbiter), camera tele-
scope mounts (ATS? satellites), support system (Transtage
Engine, Titan III C Missile), support system (ERNO
Third Stage Engine, ELDO Missile), gimbal assembly
(Directional Control Test Missile Test Stand), and the
trunnion pivots (X-ray Telescope Apollo Applications
Program, AAP).

'Applications Technology Satellite. See also “Mechanical Design of
the Spin-Scan Cloud Camera,” by D. T. Upton, in these Proceed-
ings.
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These applications will be discussed in the sequence
mentioned above to show the interrelationship of one
design to another and how improvements of one design
were subsequently incorporated in another.

Il. Basic Components of Flexural Pivots

All flexural pivots consist of three basic elements:
flexures, core or inner housing, and mounting means or
outer housing. The heart of any flexural pivot is the
flexure; it must have first priority of design consideration.
The configuration and the orientation within the assem-
bly with respect to the major force vectors applied must
be optimized for a particular specification. The core, or
inner housing, is the member to which flexures are di-
rectly attached. It fixes the orientation of flexures while
providing reinforcement of the flexures. It is fastened to
the outer housing, which is the mounting member for the
complete, self-contained pivot.



lll. Flexure Designs

Normally one thinks of flexures in terms of flat rec-
tangular pieces of spring steel cut from lengths of rolled
sheet stock. This is the simplest form that can be fabri-
cated and stress-analyzed. The means by which to use
these simple members most efficiently is the challenge
to the designer. What behavior patterns do they follow
when combined and used in pairs or sets of various
dimensions? How are their load-carrying capabilities
affected by force vector combinations? What conditions
of load are design limitations?

In order to consider flexure design, one must first
decide what is required of the assembly with respect to
its structural capacity. As a place to start, let’s consider
that there are six fundamental force vectors and two
basic moments shown on Fig. 1. All force vectors here
are assumed to be of equal magnitude. The flexure pro-
portions for various loading conditions may be related
to each other approximately as shown in Fig. 2 with
respect to length, width, and thickness. Orientation is
related to the force vectors. For example: if only a P.
is considered (Fig. 2¢), it can easily be seen that one

Yz VERTICAL FORCE SHARED BY ALL FLEXURES IN COMPRESSION

Fr ALL FORCE CARRIED BY ONE FLEXURE (OR PAIR IN SAME PLANE) IN
COMPRESSION

H HORIZONTAL FORCE PUTS ONE FLEXURE (OR PAIR IN SAME PLANE)
IN COMPRESSION

Py AXIAL FORCE PUTTING ALL FLEXURES IN SHEAR
Vr VERTICAL FORCE SHARED BY ALL FLEXURES IN TENSIGN

Pr ALL FORCE CARRIED BY ONE FLEXURE (OR PAIR IN SAME PLANE) IN
TENSION

Mr MOMENT APPLIED TO BEND PIVOT AXIS {NOT INCLUDING OVERHUNG
MOMENT FROM TRANSVERSE FORCES ABOVE)

My MOMENT APPLIED TO ROTATE PIVOT AND CAUSE BENDING OF
FLEXURES

RADIAL FORCES SHOWN TO BE CONSIDERED IN PLANE OF Afy AXIS
ILLUSTRATION SHOWS ORIENTATION WITH FLEXURE ANGLES ONLY

Fig. 1. Primary force vectors, flexural pivot design
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relatively thick flexure will suffice. If the direction of
the load relative to the flexures is as shown in Fig. 2e,
the tension flexure may be relatively thin and the com-
pression member somewhat thicker (to prevent buckling).
Similarly, the flexure thickness of Fig. 2d is greater than
that of Fig. 2b. (The flexure configurations for individual
load conditions shown here are not realistic, since it
would indeed be unusual to find such simple load sys-
tems for a given application.)

More realistically, most applications require an investi-
gation of complex combinations of these force vectors.
For example, let’s assume that flexures must be designed
to support a small variable-thrust engine in the third
stage of a missile. The engine, supported on a gimbal
ring which is not completely rigid, is held in a fixed
position by locked-up actuators during the launch phase,
with its center of gravity off the centerline of its thrust
vector. Also assume that the engine must be fired and
gimbaled through maximum operating angles at full
thrust. It is obvious that the force vectors in this applica-
tion require careful study to determine which force com-
binations are applied simultaneously and cause the most
stress on the flexures. These combined loads set the
design limits.

In order to consolidate the infinite number of config-
uration possibilities, three basic concepts will be con-
sidered, each permitting variations of flexure length,
width, and thickness for design adjustment. These basic
arrangements are shown in Figs. 2g, h, and i, respec-
tively: the 90-deg symmetrical universal system, the
60-deg symmetrical nonuniversal system, and the “plus
design” or unsymmetrical system. The latter uses the
wide flexure as the main load-carrying member, with
the narrow flexures as stabilizing elements. It has been
our experience that most pivot applications for space
structures can be satisfied with these three concepts. It
is not intended to imply that other configurations of
flexures and pivot concepts are not to be considered, but
only that these form a simple, realistic design approach.
We normally use the formulas developed in papers by
Fred Eastman (Refs. 1-3), W. H. Wittrick (Ref. 4),
Henry Troeger (Ref. 5) and others which deal with
simple flat flexures. There are other possibilities, such as
triflexures, cruciforms, contoured cross sections, and
wire. Ali of these can be designed for specific require-
ments, but they also have limitations which may or may
not be desirable. It is not intended to discuss these at
this time.
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THICKNESS

LENGTH

>
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WNISOdWAS SWSINVHIIW 30VdSO¥IV PIE

{e) ONE FLEXURE IN TENSiON {f) BENDING MOMENT IN
ONE FLEXURE IN COMPRESSION MAJOR DIMENSION

(g) 90° SYMMETRICAL UNIVERSAL (h) 60° SYMMETRICAL NONUNIVERSAL (i) PLUS DESIGN UNSYMMETRICAL

Fig. 2. Flexure configuration and orientation with respect to load
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(a) I-BEAM FLEXURES

BEAM WELDED
. 4-PIECE CORE WITH
FLAT FLEXURES

(b)

(c}
HELIARC WELDED

SLEEVE TO CORE

ELECTRON BEAM WELDED
1-PIECE TUBULAR CORE

BRAZED OR ELECTRON

NUGGETS OR BRAZED

HEAT-AFFECTED
,.‘ ZONES
@ HIGH STRESS

PORTION OF
FLEXURE

% BRAZED AREA

BRAZED
NO WELD
H % AREA
WELDED

MACHINED
COUNTERSINK

FILLER ROD

WELDED WELD NUGGET

@BRI\ZED JOINT

BRAZED

-

ANNULAR FILLET WELD
I1-BEAM FLEXURES

COOLING COIL

COOLANT . =5=:=:=Jm

FILLET -

Fig. 3. Fabrication of brazed and welded assemblies
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IV. Core or Inner Housing

The inner pivot housing or core can be as important
for structural integrity as the flexure. Flexural pivots can
be designed so that the forces are applied with the hous-
ing acting either as a cantilever beam or as a double-end-
supported beam. The whole concept of mounting must
be considered, particularly if weight or radial stiffness
limitations are involved. The thickness of the housing
depends on the method of attachment of the flexures and
must be reasonably proportional to the flexure configura-
tion. As a rule of thumb, we have used a thickness at
least equal to flexure thickness for welded construction
and at least 1% to 2 times the flexure thickness for
brazed construction (Fig. 3). This assumes the braze
joints to be extended beyond the individual flexure
widths, as shown in Fig. 3b. The core may be rectangu-
lar, square, octagonal, or round to suit the mounting
conditions. The round tubular shape seems to have the
greatest advantage for utilization of material and lends
itself to simple machine operations such as turning, bor-
ing, and centerless grinding. It also permits the use of
tubing, which reduces material cost and machine time.
This type of housing may also be made from die-formed
cylindrical segments or quadrants, brazed or welded
together with the flexures. The housing configuration may
be adjusted to suit the fabrication techniques intended.

V. Mounting Member, Outer Housing

This member of the flexural pivot is primarily an
adapter to fit the flexures included in the core assembly
to the other hardware, In some cases, a heavy core can
incorporate tapped holes, studs, or partial flanges, elimi-
nating the need for the outer member. The cylinder outer
sleeve provides a more readily adaptable member for
mounting without complicating the fabrication of the
core assembly. It can be easily modified to include
flanges or mounting lugs. The round shape has the same
machining advantages as the core.

VI. Fabrication

A variety of fabrication methods are utilized in making
a pivot assembly. Joining processes demand careful con-
sideration in the design configuration of the basic compo-
nents. For example, if temperature and load conditions
are moderate, pivots of brazed construction with flat flex-
ures and quadrant-type housing are adequate (Fig. 3b).
However, if the design is likely to carry high transverse
loads creating high flexure stresses, I-beam flexures with
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a one-piece tubular core are a more practical and more
reliable design (Fig. 3a). This permits welding and keeps
the heat-affected zone of the weld away from the highly
stressed portion of the flexures.

There are several possibilities for attaching the outer
housing or sleeve to the core. One method is by counter-
sinking through holes from the outside of the sleeve,
welding the inner edge of the countersunk holes to the
outer surface of the core, and then filling the counter-
sunk holes with filler material (Fig. 3c¢). This involves
good welding technique to avoid overheating the flex-
ures. Another method is to braze the sleeve and core
together (Fig. 3c). A third method, utilizing annular fillet
welding at each edge of the outer housing, has proved
to be the most reliable (Fig. 3d). The illustration shows
four separate welds on a cantilever pivot. The double-
end type requires two additional welds on the third sec-
tion of the outer sleeve. This method uses a heat sink or
cooling method to avoid overheating the flexures.

VIl. Applications

The foregoing paragraphs have covered structural con-
siderations and fabrication methods employed to attain
the structural integrity of flexural pivots. These are
not the only problems involved in pivot design, as will
be shown by discussion of applications in the following
paragraphs. Pivots for these are depicted in Fig. 4.

The first two applications involve standard off-the-
shelf-type pivots which, incidentally, are a slightly modi-
fied version of the 90-deg symmetrical universal system
flexures in Fig. 2g. Instead of having two pairs of
equal flexures, this design has one pair of two equal
flexures on the outboard ends of the housing and one
double-width flexure on a 90-deg intersecting plane in
the center. The flexures are flared out as they enter the
brazed joint in a quadrant-type housing, as shown in
Fig. 3b. This gives higher axial capacity, higher trans-
verse stiffness, and a slightly higher torsional stiffness
than the simpler configuration.

The Lunar Orbiter? utilized a cantilever pivot % in.
in diameter by 1 in. long for the gimbal support system
of a 100-Ib thrust engine. Reports from the Boeing Com-
pany and NASA confirm excellent performance of the
flexural pivots in all five Lunar Orbiter flights. These

*Work on this program was conducted for the NASA Langley
Research Center under NASA Contract NAS 1-3800.
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ATM X-RAY TELESCOPE

\DCTM TEST STAND

Fig. 4. Flexural pivots

pivots were purchased from stock with a 100% reliability
load test prior to shipment.

Specifications for these pivots were as follows:

(1) Rate of motion: 0.05 to 10 deg/ s.

(2) Temperature: 400°F maximum to +35°F minimum.

(3) Nominal angular motion:
+15 deg at no load.

+4 deg, maximum

(4) Life: 5,000 nominal angular cycles at maximum
temperature and nominal radial load; 200 nominal
angular cycles at maximum temperature, maximum
radial load and maximum axial load.

(5) Torsional spring rate through maximum angular
motion: 13 Ib in./rad +=10%.

(6) Radial load: 200 Ib maximum, 110 Ib nominal.
(7) Axial load: 35 Ib maximum.

14

(8) Pressure environment: 1 X 10-'* to 760 torr
maximum.

The reasons for selection of these pivots were: (1) no
lubrication requirements, (2) elimination of the effect of
varying operating temperatures on bearing clearances,
and (3) small required angular motion (see Fig. 5).

The ATS Spin-Scan Cloud Cameras utilize a double-
end-type pivot 9% in, in diameter and 1 in. long. These

pivots are used in both the black-and-white and the color

versions of the camera. They provide trunnion mounts
for the camera telescopes, which oscillate 7.5 deg and
+9 deg respectively at a rate of 1 cycle every 24 min.
These applications demand extremely accurate position
repeatability as the telescope moves through its angular
travel. Figure 6 is a sectional view of the color camera
assembly showing the pivot locations. Transverse forces
applied to the pivots in both of these applications were
relatively small, permitting the use of the flat flexure
brazed fabrication.
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Fig. 5. Lunar Orbiter gimbal and bearing assembly,
thrust vector control, photograph courtesy
of The Boeing Company

PISTON
POSITIVE MECHANICAL LIMIT

SOUTH LIMIT SWITCH

DRIVE BANDS (2 PAIRS PER CAMERA)
TELESCOPE DRIVE SECTOR ARM (2)
FIELD DEFINING APERTURES

FIBER OPTICS

LOGIC AND MOTOR DRIVE 5
ELECTRONICS HOUSING ———~

PHOTOMULTIPLIER TUBES (3)

CAMERA MOUNTING PADS (6)
MULTIPLEXER ELECTRONICS HOUSING

The Engine Gimbal System for the Transtage Engine
(Titan III C Missile), Fig. 7a, involved a breakthrough
in the development of the weld fabrication techniques
discussed in earlier parts of this paper. Several earlier
unsuccessful fabrication attempts provided the experi-
ence and pointed to the need for new design and fabri-
cation approaches. This program started with some basic
investigations of the joining process. Weight was impor-
tant, as were high strength, low torsional stiffness, and
low radial deflections. After preliminary investigations,
the 60-deg symmetrical nonuniversal system of flexures
was selected with a double-end pivot configuration. The
previous unsuccessful attempts at joining both by braz-
ing and welding of flat flexures into a cylindrical housing
led to the development of the I-beam type flexure and
electron beam welding.

The housing joining method shown in Fig. 3c (heli-arc
with countersunk holes) was used. A weld failure on the
first prototype made it necessary to increase weld size.
For weight reduction, it was also mandatory to remove
a considerable amount of the core thickness and outer
sleeve material, which further limited the available weld
area. In spite of these requirements, the welding tech-
nique solved the problem.

The ERNO Engine (ELDO Third Stage) gimbal pivots
(Fig. 7b) required a flexure configuration change due to

PRESSURIZED STEP DRIVE MECHANISM
BELLOFRAM ROLLING PRESSURE SEAL
PRESSURE TRANSDUCER

NORTH LIMIT SWITCH

/—CORRECTOR LENSES

LIGHT BAFFLE
%SECONDARY MIRROR

W TELESCOPE HOUSING

~

~
~

[ T———BOX FRONT (SOLAR PANEL
% BEZEL ADAPTER)

~

PRIMARY MIRROR
FLEXURAL PIVOT (2 PER CAMERA)

Fig. 6. ATS Spin-Scan Cloud Camera, photograph courtesy of the University of Wisconsin
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Fig. 7a. Transtage engine and gimbal, photograph
courtesy of Aerojet General Corporation

Fig. 7b. ERNO engine and gimbal, photograph courtesy
of ERNO Gmbh, Bremen, Germany (designer and
producer of the main rocket motor and the
structure of the third-stage Europe ! rocket)
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the limited envelope allowed for the pivot. The square
gimbal ring tends to reduce the M, type of moment (see
Fig. 1), allowing a cantilever design in the space avail-
able. Normally a double-end-type pivot would be recom-
mended for this high load application to better distribute
the major forces on the flexures. The “plus design” con-
figuration solved this problem. The outer housing-to-
core welds had passed acceptance load tests but failed
in a static load test when installed in the customer’s
hardware. Available area for welding was limited by
the flexures and four large mounting lugs on each half
of the outer housing. After some development, we
adopted the annualar weld shown in Fig. 3d. This ap-
proach was successful — both static and vibration tests
were performed satisfactorily and the system was ap-
proved for flight status.

The Directional Control Test Missile (DCTM) Wiggle
Test Stand (Fig. 8), involved another gimbal system with
much higher radial stiffness and smaller deflection angle
than the two previous gimbals. In spite of high radial
stiffness requirements, it appeared that the flexures
would be sufficiently stiff with the 90-deg symmetrical
universal system. Weight was no limitation, and a
double-end pivot with a square gimbal ring was de-
signed. From this job we learned that the influence of
the housing thickness on the radial stiffness of the pivot
was of prime importance. The diameter had to be in-
creased from an original diameter of 133 in. to 134 in. to
provide satisfactory results for the application.

The most recent pivot application for structural space
hardware is the AAP telescope mount. These pivots sup-
port the X-ray telescope and are used to minimize
stresses in the telescope tube, particularly during the
launch phase of the program. Figure 9 shows the arrange-
ment of the pivots on the X-ray telescope. The specifica-
tions required small deflection angles, moderate loads,
and high radial stiffness. The experience gained from
investigating the core stiffness on the DCTM test stand
application and from the annular weld method used on
the ERNO gimbal pivots was utilized in the design of the
X-ray telescope mount, resulting in only minimal devel-
opment testing. In fact, this application was satisfied
without the benefit of a prototype unit.

Viii. Summary

It has been attempted here to demonstrate some of the
primary considerations in the design and fabrication of
flexural pivots as structural members. The purpose was
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Fig. 8. DCTM Wiggle Test Stand, photograph courtesy of
Grumman Aircraft Engineering Corporation

Fig. 9. ATM X-ray telescope, photograph courtesy of American Science and Engineering Company
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to demonstrate the necessity to thoroughly investigate all ~ cannot be separated from design requirements, since
conditions of load and environment before deciding on a  they often dictate the feasibility of the use of flexural
pivot size and configuration. The fabrication methods  pivots — both from design and cost considerations.
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High-Response Electromechanical Control Actuator

G. D. Goldshine and G. T. Lacy

General Dynamics Corporation

Pomona, California

Because the need for advanced missile system performance required increased
propulsion space, the space available in the missile for the control section was
decreased by two-thirds. At the same time, long-term storage without mainte-
nance required an dll-electric control system. Prime objectives were to achieve
substantial weight, power, and cost reductions while attaining significant increase
in control capability. The resulting design of a high-performance electromechani-
cal actuator developed at the Pomona Division of General Dynamics is described.
An analytical model for investigating the internal characteristics of the actuator
is shown, and some significant performance features are discussed. Development
flight testing of the system has been completed, and the actuator is being mass-
produced in the STANDARD MISSILE and ARM programs.

I. Introduction

The increased performance requirements for tactical
missile systems initiated the development of adaptive
control techniques for achieving the control-system pa-
rameter requirements. Before these techniques could be
applied, a bistable control actuator with performance
characteristics exceeding those available from any pre-
vious actuator development was required. The present
study developed such an electromechanical actuator.

Il. System Constraints

There were three principal system constraints on the
control actuator:

(1) The reduced space envelope.
(2) The reduction in weight.

(3) The control parameters.

3rd AEROSPACE MECHANISMS SYMPOSIUM

A. Space Envelope

The basic necessity for increasing advanced missile
system performance dictated the need for increased pro-
pulsion system performance. The propulsion increase
was gained by the use of a longer rocket motor. Since
the overall missile was not elongated, it became neces-
sary to package the control section in a space envelope
approximately two-thirds the length of previous section
volumes. At the same time, from the standpoint of main-
tainability and producibility, it was necessary to provide
a modular design that would be packaged by quadrant,
so that four identical actuators were provided per mis-
sile. (The missile is controlled by four tail control sur-
faces, each driven by a separate actuator.)

B. Weight

Each actuator weighs approximately 12.8 1b; the entire
control section weighs 68 1b, which represents about a
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40% reduction in weight from the control section pre-
viously used in missile designs.

C. Control Parameters

The principal control parameters for the electrome-
chanical actuator are given in Table 1.

Table 1. Control parameters

Parameter Requirement

Transport delay time (from applied control signal

to actuator reversal at full rate) 3EIms

No-load tail rate 200 =50 deg/s

Tail drift rate (under no-load conditions in the

bistable open-loop mode) < 5 deg/s

520 w

Input power (nominal/ambient)

Load sensitivity (tail drift rate/in.-Ib of applied
external hinge moment)

0.05 deg/s/in.-b
Operating life cycle (3 min on, 60 min off; 4 min

Ill. System Description

Each actuator, in combination with a bistable switch-
ing amplifier situated in the autopilot electronics, oper-
ates in a bistable mode such that the output is a
maximum CW or CCW rate of change of tail incidence
angle. The overall missile control system is adaptive by
virtue of including the bistable switch/actuator combina-
tion in cascade with the missile dynamics in a closed
loop, such that a limit cycle mode is sustained. Changes
in gain in the forward path of the loop (i.e., aerodynamic
parameter changes) will then be automatically compen-
sated for by a resulting inverse change of nonlinear gain
in the bistable switch/actuator combination. The limit
cycle characteristics are fully determined only by includ-
ing missile loop parameters together with the internal
dynamics of the actuators themselves. (A full description
of the adaptive loop is outside the scope of this paper.)
The absence of the more conventional closed-loop posi-
tion feedback directly around the actuator also intro-
duces a need for special consideration of tail position
drift errors due to internal unbalance within the actu-

for ARM) 1 h total on time . . .
ators and external loading applied to the tails.
CONTROL SURFACE
TRAVEL * 50°
FWD
CONTROL SURFACE AFT DRIVE GEAR FOR
POSITION CONTROL
POTENTIOMETER ! SURFACE
POTENTIO-
¢ D METER
=
IDLER il DOUBLE
DC DRIVE DRIVE GEAR %& ' ENVELOPING
MOTOR MOTOR GEAR i WORM GEAR
S S
S PN
i w\\\\\\\ﬁ)\
. <G \=
g N g ' DOUBLE
) N , ENVELOPING
’ WORM
WORM INPUT GEAR
TORQUE
MOTOR
ASSEMBLY i
CLUTCH
CLUTCH OUTPUT
CLUTCH INPUT GEAR
ASSEMBLY (2) GEAR

Fig. 1. Actuator mechanical schematic
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The electromechanical actuator consists of the follow-
ing parts: two contra-rotating capstan spring clutches
with actuating cones, a torque motor, a unidirectional
dc drive motor, a reduction gear train, a worm output

drive, and a control surface position potentiometer (see
Fig. 1).

Operation of the actuator is as follows: the contra-
rotating clutch input gears that mount the capstan
springs are driven at an essentially constant speed by the
drive motor and reduction gear train. Both clutch output
shafts are geared through a further spur gear stage to
a single worm shaft. The actuator output shaft carries a
sector gear in mesh with the worm and provides a direct
mounting for the aerodynamic control surface. Engage-

thus imparting maximum velocity to the surface in a di-
rection depending upon which clutch is engaged.

IV. Analytical Model

An analytical model of the system suitable for analog
computer simulation was developed, as shown in Fig. 2.

A. Drive Motor

The torque developed as a function of applied voltage
and rotational speed may be expressed approximately as

ment of either one of the clutches closes the drive path M. =N Ky (V. — KsNobo)
between the drive motor and the control surface (tail), e LR Ve paTe
WORM GEAR
CLUTCH A ! )
A ]
L
Neg |
o | Mo T
Ko ]
~d - Kw
| d tana
T
TORQUE MOTOR DRIVE T J
TRANSPORT DELAY MOTOR =1 |san(Gy-a4)
f A M, N My
R M W
Ut L i J 1
be Ari ~K t -cl/!
A, A - b Z — i T s Lf
o = 1 | H g“ﬁ. e wo["Lz el Jm
70+ X} [ L
(3 Mcb
\ . l(bN| AA'L
A8:=0
26, Ko
- bl P 17/7 E’]‘—
! b OUTPUT DRIVE 3
CLUTCH B , iyl [£] summarion

E MULTIPLICATION [S] DIFFERENCE

|Z| LOGIC ELEMENT

Fig. 2. Functional block diagram, eleciromechanical clutch actuator
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Inertia and viscous friction of the unidirectional rotat-
ing parts are considered as lumped parameters J. and b,.
Further neglecting compliance and backlash in this part
of the drive, the velocity of the clutch input gears may
be written

be

2
<beD+1>

Each clutch is represented in both the engaged and
disengaged modes. In the disengaged mode, no contact
is possible between spring and clutch output and, there-
fore, no torque is transmitted. In the engaged mode,
the clutch cone is assumed to be fully depressed by the
torque motor so as to accomplish complete coil windup,
and maximum torque is transmitted in accordance with
the clutch torsional stiffness K.

ée = (M, — Mr)

B. Clutch

C. Torque Motor

The torque motor function is expressed as a pure
transport delay time of Ar, and Ar, as follows:

A7, = time from application of input voltage to first
armature motion

A7, = time to transfer the engagement mode from one
clutch to the other

The output U(t) is used on the control signal for the
engagement/disengagement mode and is depicted as a
square wave of dead time (Ar;) and phase lag (A+.) with
respect to a driver signal R(T).

D. Worm Gear

The characteristic of coulomb friction at the worm
mesh is depicted here. Since this is dependent on the
magnitude of transmitted torque, it can be expressed as

ML Mo
Me=-211-
N, I:l tan a

S—

where

sgn (M) = sgn (4,) when load torque is in the direc-
tion of rotation

sgn (M,) = sgn (M) when the input torque is oppo-
site to the load torque.
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E. Output Drive

All of the reversing parts of the actuator are included
here. Backlash and compliance are assumed across the
worm mesh in combination with inertia and friction on
each side of the mesh. Then the clutch output torque
can be expressed as

M, = (ImD + bm) éc + M,

and torque developed at the worm mesh output can be
depicted as

ML = ]L Déo + bLé + BL sgn éo

Owing to drive backlash and compliance, the angular
deflection between the actuator output shaft and worm
output gear may be expressed as

1/ b, )
o ™ T3 - = b,
b D\N.,

The torque transmitted across the drive may be written
as

M, = K, (a8, — C), af, > C

and

M, =0, a6, < C

One of the prime factors of the computer study has
been to investigate the effect of various parameters on
waveform and torque sensitivity. The internal dynamics
of the actuator are severely affected by the friction in
the various stages of the mechanism which, in turn,
affect the distortion characteristic of the actuator output.
A typical computer run is shown in Fig. 3. The dynamic
overshoot characteristics of the clutch output velocity are
illustrated. This occurs because of the release of strain
energy during the engagement and the backing-off of the
spring as the output velocity exceeds the input. Thus,
the clutches transmit torque in very sharp impulses.

In general, the frictional characteristics of the output
shaft bearings appear to have the greatest effect on the
waveform characteristics of the actuator.

Typical computer results for actuator characteristics
under hinge moment loading are shown in Fig. 4. The
knee is a strong function of p,. (worm mesh friction).
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Fig. 4. Analytical hinge moment characteristie

V. Performance Characteristics

The basic characteristic parameters of the actuator fall
in the category of waveform shape, power input and out-
put, torque motor performance, transport delay time,
drift, and torque sensitivity.

A typical performance trace of a developmental model
under no-load operating conditions is shown in Fig. 5.
Of prime interest here is the smooth trace and the opera-
tion of the actuator within the transport delay time, con-
sistently and repeatably. The tail-rate performance is
well within specification for all conditions.

The basic necessity for the hinge-moment sensitivity
requirement is to control the drift of the actuator under
hinge-moment loading effect. This requirement results
from the method of utilizing the actuator in an effective
open-loop operation as part of the adaptive control tech-
nique. The actuator’s sensitivity to drift is accented by
the differential number of clutch engagements in each
half cycle. Under loading effects which either aid or
oppose the actuator motion during the cycle, there is a
resultant drift known as hinge-moment sensitivity.
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The effect of actuator parameters on hinge-moment
sensitivity is shown in Fig. 4, taken from the computer
simulation. For case A where p, < tan e, a steep slope
indicates a strong influence of externa] torque. Case B
for p, > tan « (ie., irreversible worm condition) has the
characteristic knee. Performance is improved for higher
torques, indicated by the flatter slope beyond the knee.
A reduction of u,, and an increase in viscous friction by,
at the worm shaft, in C, results in a flat slope throughout
the design torque range. The increase in b, is obtained
by including a simple plate damper to the worm shaft.
Typical actuator test data, with and without the damp-
ers, are shown in Fig. 6. Computer data points also in-
cluded in Fig. 6 show good correlation between the test
data and theoretical results.

Vi. Pregram Status

The present program has undergone flight testing of
development prototype missiles. This is, in essence, a
preproduction evaluation program leading to final pro-
duction models.
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The actuator is fully developed and qualified. It is in
current production on the STANDARD ARM and
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Fig. 5. Typical waveform diagram

drive motor friction, viscous

output shaft friction, viscous

clutch + worm shaft friétion, viscous
output shaft friction, coulomb

output drive backlash

displacement

differential operator

drive motor inertia

output shaft inertia
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Nomenclature

T
K,
K.
Kaero

STANDARD MISSILE programs. The number of pro-
duction units manufactured is in excess of 700 devices.

clutch 4+ worm shaft inertia
output drive stiffness

clutch spring stiffness

external load spring constant
drive motor back emf

drive motor torque sensitivity
clutch output torque

drive motor torque at the clutch

external load torque
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Fig. 6. Typical datq, flight actuator hinge moment

M,, torque at worm shaft
N, input drive gear reduction
N, output drive gear reduction
R drive motor armature resistance
U(t) transport function

V. voltage input
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Nomenclature (contd)

worm lead angle
clutch output shaft speed
clutch input shaft speed

~ output shaft speed

worm shaft speed

worm mesh friction
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Minimum-Weight Springs

H. O. Fuchs

Stanford University
Stanford, California

Springs are considered as energy accumulators. Efficient load-deflection curves
and ways of obtaining them are shown. The resilience of different materials in
different modes of stressing and methods of increasing the apparent resilience are
discussed. Formulas are given for the design of torsion bars with rectangular
cross section and of coil springs with egg-shaped cross section, which are very

efficient springs.

I. Introduction

The weight of a spring is determined by the amount of
energy that must be absorbed in the spring, by the quali-
ties of the spring material, by the stress distribution in
the cross sections of the spring, and by the extent to
which all the cross sections are active in performing
spring duties. We will denote these factors as

R material resilience
f. efficiency of the cross section
f. efficiency of the configuration
p density
U maximum energy stored in the spring
so that the total weight required for a spring will be

pU
Rf-f.
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This formula is trivial by itself. Qur interest will be in
minimizing the energy U, maximizing the efficiency fac-
tors f, choosing a material of high resilience R, looking
for tricks to coax more resilience R out of a given mate-
rial, and keeping in mind that the performance of asso-
ciated functions such as the provision of leverage has a
large effect on the overall efficiency of the device.

To dispose of this last point first, we remember that a
torsion bar may be more efficient by itself than a coil
spring, but that the levers and anchors which are re-
quired to transmit forces into the torsion bar may
reverse the situation. We observe that springs are most
manageable when they incorporate leverage, such as the
distance from coil center to wire center in a coil spring.

li. Minimizing the Absorbed Energy

The maximum energy stored in a spring depends pri-
marily on the maximum load and the travel from zero
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Fig. 1. Minimizing the energy stored in o spring
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load to maximum load. It also depends on the shape of
the load-deflection curve.

With the usual constraints, namely, a given minimum
load P,;,, a given working stroke y, and a linear load-
deflection curve, the minimum energy condition is de-
fined by the equation

Umin = 2ypmin
which implies
P maz = 2P min
This follows from symmetry considerations (Fig. 1a).

Fortunately this minimum condition is not very sensi-
tive, as shown by Table 1.

Table 1. Variation of maximum energy U stored in linear
springs of equal minimum load P,,;, and different
maximum loads P,

Pmoz/Pmin 1.1 1.3 1.5 2 3 5 10

U/Unmin 3 14 1.12 1 1.12 1.56 2.77

The ratios of P,./Pnin between 1.5 and 3 are quite
inmocuous. For the low ratios that are sometimes re-
quired, the situation is more serious, and we are well
advised to deviate from the usual linear load-deflection
relation. This can be done in two ways: to use the spring
piece-wise, as in the Negator, or to approach buckling.
To do the latter, we use a basically stiff spring, of some-
what longer stroke, with the ratio Ppe = 2Puin, and we
soften this spring by applying a buckling load (Fig. 1b).

In leaf springs, the buckling load can be provided by
a suitable shackle arrangement (Ref. 1); in Belleville
springs, the action is built in. The low lateral stiffness
of coil springs near their buckling load has also been
used. All these can be regarded as modifications of snap
actions like those in oil cans, light switches, or micro-
switches. They can be very useful where a low ratio of
Poaz/Ppin is required.

For cushioning springs with nonlinear load-deflection
curves, it is well to remember that increasing the stiff-
ness by bottoming out some of the spring before it has
reached the maximum permissible stress is bound to be
wasteful. Clever ways can be devised to overcome this,
but in general it is more effective and more efficient to
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simply add bumper springs which come into action later
in the working stroke.

lll. Maximizing Resilience

The energy that must be stored in a spring is the inte-
gral under the entire load-deflection curve, from zero
load to maximum deflection. We have seen how this
integral can be minimized. Now we want to find the
material which can store the energy in the smallest mass.
If all the spring material could be stressed up to the
permissible limit, then the specific resilience of the springs
(energy stored per unit mass) would equal the specific
resilience of the material.

We define the specific resilience as R/p and the re-
silience as

o
B =g
or
1.2
R: =22

depending on the type of stressing, normal or shear. The
permissible stress in tension or shear is o or r respec-
tively; the corresponding modulus of elasticity is E or G.

In springs, the stresses are fortunately either predomi-
nantly normal, as in bending, or predominantly shear, as
in torsion; we need not here be concerned about inter-
mediate cases and triaxial states of stress. We define R
as energy stored per unit volume mainly to postpone the
nuisance of pounds force and pounds mass. The units
of R are inch pounds per cubic inch or Ib/in.2, The
units of R/p, with p in pounds mass per cubic inch, are
inches X standard acceleration.

If we compare the two resiliences, we find that they
would be equal if
o (E\»
(3

For steel, aluminum, titanium, magnesium, etc., E/G is
about 2.8. We would be indifferent about using bending
or shear if the ratio of permissible tensile stress to per-
missible shear stress were 2.8'/2 or about 1.7. This is not
far from the ratio of yield stresses according to the
Mises~-Hencky or octahedral shear stress theory, but it
may be very far from the ratio of permissible bending
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stress to permissible torsional stress in spring design. The
permissible torsional stress in compression springs is
much higher than would be expected on this basis. Com-
paring different materials, we find the following conser-
vative values of permissible stresses recommended in the
SAE Manual on Helical Springs (Ref. 2) and calculate
the apparent values of resilience with the moduli given
there, as shown in Table 2.

The apparent resiliences in the different modes of
loading are far from equal. The high values for compres-
sion springs are explained by the existence of beneficial
self-stresses. In those helical torsion springs (stressed in
bending) which are cold-wound from small wire, bene-
ficial self-stresses also exist, but are less effective. In the
hot-wound 0.50-in. alloy steel spring, the self-stresses
induced by coiling are removed by heat-treating. Fig-
ure 2 illustrates self-stresses.

The much higher apparent resilience that can be ob-
tained from the material in compression springs explains

why weight can be saved by replacing an extension

spring by a pair of long “hooks” which compress a spring
between their inner ends when the outer ends are pulled
apart.

Table 2 also illustrates the fact that the level of per-
missible design stresses is much more important in
springs than in structural members, because the weight
of a spring will be inversely proportional to the square
of the stress.

In music wire and in hard-drawn stainless, the de-
crease in diameter from 0.10 to 0.05 in. corresponds to

an increase in permissible stress of about 13%, but to an
increase in resilience of about 28%. The dependence on
the square of the stress explains also why springs were
among the first products that utilized the stress increase
made possible by shotpeening.

Steel is hard to beat as a spring material. Any compet-
ing material will have to be evaluated on the basis of
specific resilience. Aluminum alloys, whose modulus
of elasticity and density each are about %4 that of steel,
will save weight only if their permissible stresses exceed
1z of the corresponding stresses for steel. Glass fiber,
which has even lower values of modulus and of density,
seems to be worthy of serious consideration for certain
applications.

IV. Maximizing the Cross-Section Efficiency

We define the efficiency f; of a cross section as the
ratio of the elastic energy stored per unit volume of
the cross section in bending or in torsion to the resilience
of the material. The factor f, is a measure of the uni-
formity of stress distribution in the cross section. Any-
thing we can do to make the stress distribution more
uniform will increase f, and decrease the weight of
the spring.

The efficiencies of a few cross sections are shown in
Table 3. Note that the data are restricted to sections that
are free of stresses at zero load. The very important
effect of self-stresses will be discussed later.

Table 2. Apparent resilience of spring material

Modulus, Torsion Compression Tension
Msi i springs springs springs
Material Dlu:neter, "
E G m. o, R, T1, Ry, T2y Rz,
kesi psi ksi psi ksi psi
Alloy steel (hot wound) 29 1 0.50 155 410 146 985 106 515
L. J 4 0.10 212 750 154 1030 114 565
Music wire (cold wound) 30 1.5 0.05 240 960 174 1320 128 710
302 stainless hard drawn (cold 0.10 148 430 106 560 91 415
wound) 255 10 0.05 170 565 123 755 105 550
0.10 90 270 70 395 55 245
Phosphor bronze (cold wound) 15 6.2 0.05 o8 220 76 460 &0 290
Msi = 10% |b/in.?
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Table 3. Efficiencies of cross sections of straight
bars, free of stresses at zero load

. Rectangle Rectangle
Loading Round Square 2:1 10:1
Bending 0.25 0.33 0.33 0.33
Torsion 0.50 0.31 0.26 0.31

First, we note the good showing of round sections in
torsion; they are more efficient than any of the others
by a ratio of 3:2 or more. By extending uniformly all
around the circumference, the high stresses cover a larger
fraction of the total area than in other sections or other
modes of loading. We know that we can redistribute the
stresses at maximum load by introducing self-stresses.
Their exact distribution depends on strain-hardening.
For purposes of comparison we assume a perfect plastic-
elastic material, prestressed to the extreme limit, and
then find the efficiencies listed in Table 4.

Table 4. Efficiency of cross sections of straight bars,
prestressed to a theoretical limit

Rectangle Rectangle
load: R d
g Square 2:1 10:1
Bending 0.72 0.75 0.75 0.75
Torsion 0.89 0.77 0.75 0.80

Comparing Table 4 with Table 3, we note that all
cross-section efficiencies have increased dramatically,
and that the differences between various cross sections
have become much less. The most remarkable increase
is for round sections in bending. The makers of roller
shades and mouse traps were not as inefficient as one

might think.

In passing, we note that these efficiencies apply only
if the maximum stress is the failure criterion, not if the
stress range is the failure criterion. For infrequent load-
ing or for shotpeened springs in fatigue, the maximum
stress is the better criterion. The stress values used in
spring design calculations are the ranges from zero load
(where we usually have a negative self-stress) to full
load. The increase in section efficiency produced by pre-
stressing is reflected by an increase in calculated permis-
sible stress as in Table 2. The greater improvement by
prestressing of the originally less efficient sections is re-
flected in the higher calculated stresses permissible for
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these sections. The permissible design stress for round
wire stressed in bending in a torsion spring will thus be
13% higher than the permissible stress for square wire
of the same size and material (the increase in section
efficiency is 50% greater). The stress values quoted in
the literature include the effect of presetting. In choos-
ing springs, one must take full advantage of presetting,
but not make a double allowance for it, once by the
efficiency factor and then again by the higher permis-
sible stress. The efficiency factor is used to choose a
cross-section shape in preliminary design, the stress value
in final dimensioning of the chosen shape.

Returning now to the real implications of Table 4, we
observe that in limit design all quoted cross sections are
better in torsion than in bending. The table actually
understates the case for torsion, because prestressing is
easier in torsion than in bending.

We also observe that with limit design the round sec-
tion is only about 11% more efficient in torsion than a
narrow rectangle. If we apply this to torsion bars,
the narrow rectangle turns out to be a far better spring
for the following reasons:

(1) Flat torsion bars do not require inactive ends
(Ref. 3).

(2) The ends are easier to hold, with better leverage.
3
(4

(5) Several flat torsion bars can be used as a bundle
in parallel.

Flat torsion bars are far easier to manufacture.

For equal spring rates, flat torsion bars are shorter.

)
)
)
)

To facilitate the use of flat torsion bars, a few relevant
formulas are quoted in Fig. 3.

The efficiency factors of Tables 3 and 4 are calculated
for straight bars. In coiled springs, we must modify these
factors to allow for the higher strain on the shorter fibers
near the coil center and for the direct shear in tension
springs and in compression springs.

For the usual round wire of diameter d, coiled into a
compression spring of mean diameter D, the combined
correction factor for curvature and direct shear can be
approximated as K = 1 + 1.6d/D. (A more accurate ap-
proximation is due to Wahl, Ref. 4.) Taking D = 6d,
which is a very reasonable proportion, the efficiency of
the cross section decreases in the ratio (1/K)? = 0.63. As
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0.1 0.2 0.5 1.0

t/w

RATIO £/L OF LENGTH OF RECTANGULAR BAR OVER
ACTIVE LENGTH OF ROUND BAR OF SAME
STIFFNESS, SAME LOAD CAPACITY, AND SAME
MAXIMUM STRESS (INCLUDING SELF-STRESS).
BOTH BARS PRESET, CALCULATED BY
LIMIT DESIGN.

FORMULAS FOR RECTANGULAR TORSION BAR SPRINGS

S/A= 6t/L

7/4=(0.333 -02¢/w)6t3w/Q
7/S = (0.333 - 0.2+/w)t3w

A = ANGLE OF TWwWIST
6 = SHEAR MODULUS

S = STRESS (EXCLUDING SELF-STRESS)

7 = TORQUE

£ = LENGTH
+ = THICKNESS
w = WIDTH

Fig. 3. Rectangular torsion bars with active ends

a result, the efficiency of the round section without pre-
setting is decreased from 0.5 to 0.31, a very substantial
decrease. The efficiency of the heavily preset round sec-
tion will be decreased by a lesser but still substantial
amount.

To overcome this unfavorable stress distribution, it has
been proposed to make coil springs not from round wire
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but from egg-shaped wire (Ref. 5). By this method,
weight savings of 30% are readily obtainable without
presetting, on the basis of calculations. With presetting,
the difference becomes less. A series of tests was made,
in which eight preset springs experimentally hot coiled
from egg-shaped bars were fatigue tested and compared
with preset production springs which had a better sur-
face because of the more expeditious hot processing of
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the production springs. The springs were not shot-
peened. The tests showed the following values of energy
stored per pound of spring at a median fatigue life of
200,000 cycles:

1009
117%

Round bars 325 in.-1b per 1b of spring

Egg-shaped bars 380 in.-Ib per 1b of spring

Ve
e

.

D

3

0D

7

1

B
AT

5/P=2.550/wt?

Note that the greater resilience was obtained in spite of
the poorer surface. The saving in steel weight was con-
sidered insufficient to justify the extra effort for railway
use, but might be very attractive for aerospace. The
saving increases rapidly when springs are coiled to
smaller diameters. A collection of formulas relevant
to the design of such coil springs is shown in Fig. 4.

o4 02 03 04 05 06 07
w/0D
PROPORTIONS FOR EQUALIZED STRESS

HALF ELLIPSE ON INSIDE OF COIL
HALF CIRCLE ON OUTSIDE OF COIL

P/f=6+*(2.\w/t-1.1)/ 8ND®

A =mwt/4

D =0.5(0D+1D)+0.152(w-7)

‘A = AREA OF CROSS-SECTION
D = COIL DIAMETER (OF CENTROID OF SECTION)

f = DEFLECTION
G = SHEAR MODULUS

N = NUMBER OF ACTIVE COILS

P = LOAD

$ = MAXIMUM SHEAR STRESS (EXCLUDING SELF~-STRESS)

# = THICKNESS
w = WIDTH

Fig.‘4. Coil springs with cross section compensated for curvature correction

34

3rd AEROSPACE MECHANISMS SYMPOSIUM



Knowing that hollow sections are more efficient than
solid sections, one might be tempted to make springs of
tubes instead of bars or wires. This approach is reason-
able for springs which must only maintain a static load,
but it will not work for springs in fatigue service because
it is too difficult to shotpeen the inside of small straight
hollow sections and impossible to shotpeen the inside of
a coiled tube. Unless the surfaces are shotpeened, the
permissible stress is so much less that a weight increase
results instead of a weight saving,

Shotpeening works, of course, because surfaces need
fatigue protection and because fatigue damage is propa-
gated by tensile stresses. This suggests a potential im-
provement for sections stressed in bending: by making
the section unsymmetrical, the neutral axis can be lo-
cated closer to the tensile surface. Automotive leaf
springs of this type have been used successfully (Ref. 1),
archery bows have long been made of cross sections
unsymmetric about the neutral axis, ‘and skis used to be

made with such sections, no doubt for the same reasons.

V. Configuration Efficiencies

We have already mentioned the superior configuration
efficiency of flat torsion bars as compared with round
torsion bars. Greater ease of force transmission and the
absence of enlarged inactive ends account for it. It is
difficult to give a general numerical ratio, but in a 1-in.-
diameter torsion bar, 20 in. long, with 1.3-in.-diameter
ends each 1.5 in. long, the inactive ends account for 25%
of the total spring weight. With a value of R = 985 from
Table 2, f; = 0.50 from Table 3, f, = 0.75 from the con-
sideration of the inactive ends, and 0.28 1b/in.* for the
density of steel, we obtain an overall energy/weight ratio
of 985 X 0.5 X 0.75/0.28 = 1300 in.-lb/1b for such a
torsion bar. The SAE Manual (Ref. 1) gives 1000 to
1500 in.-1b energy per 1b of spring for torsion bars.

A compression coil spring requires one or two inactive
end coils, which will account for 10 to 20% of the weight
of a spring with 10 coils. Heavy-duty die springs show
energy/weight ratios quite close to those of torsion bars.

If minimum weight is a serious consideration, canti-
lever springs should not be clamped between plates at
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their fixed ends, because the clamped part is obviously
inactive, the end of the clamp introduces a stress con-
centration, and the clamp itself must be very rigid to
perform its intended function. A three-point support is
far superior because it leaves the material between sup-
port points active.

By themselves, flat springs in bending are not as effi-
cient as springs stressed in torsion. They can be more
efficient if the spring can also serve as a guide or link.
Leaf springs in automobile suspensions are good exam-
ples of this: they compete successfully against a com-
bination of coil spring plus guiding link.

We have already mentioned the importance of using
high stresses in order to reduce spring weight in inverse
proportion to the square of the stresses. As the spring
weight is reduced, the spring becomes smaller and all
attachments and enclosures also decrease in weight.

VI. Conclusion

The choice of material of high resilience is the para-
mount consideration in reducing spring weight. Anything
that can be done to increase the permissible working
stress will pay off doubly in decreased spring weight.
Shotpeening and presetting are the chief tools in raising
permissible levels of working stress. Permissible stresses
are generally higher in smaller sections of material than
in larger sections.

The fact that extension springs can not be preset and
are difficult to peen decreases their utility. Compression
springs and torsion bar springs are most amenable to
presetting.

Flat torsion bar springs and compression springs made
of egg-shaped wire deserve consideration where weight
must be minimized. These two types of springs have the
best overall efficiencies.

A value of 1000 in.-lb energy stored per pound of
spring is a good round target figure. It can be exceeded
with careful design, testing, and process control, Average
design and manufacture may give as low as 300 in.-lb
energy stored per pound of spring.
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The Radio Astronomy Explorer 1500-ft-Long Antenna Array*

E. D. Angulo
NASA-Goddard Space Flight Center
Greenbelt, Maryland

W. P. Kamachaitis
Fairchild Hiller Corporation
Germantown, Maryland

The mechanical components of the Radio Astronomy Explorer spacecraft main
antenna array are described. Key components, such as the extendible antenna
element and dispenser mechanism, are described in detail. System test techniques,
development problems, and solutions are also presented.

I. Introduction

The science of radio astronomy is a relatively new tool
.for increasing man’s knowledge of the universe. Until
very recently, all observations had to be made from
ground-based arrays. Such observations are severely lim-
ited by the ionosphere, the troposphere, and man-made
radio noise. Much of the data obtained below 20 MHz
is unreliable. With the advent of the space age, the pos-
sibility of placing a radio telescope in space was realized.
The spacecraft should be able to compensate for its own
influence on the incoming antenna signals and to moni-
tor the strength of earth-generated noise. To fulfill these
needs, the Radio Astronomy Explorer (RAE) spacecraft
was developed.

The first RAE spacecraft is presently scheduled for
launch in mid-year 1968 and has an expected life of one
year. The main antenna array is X-shaped (Fig. 1) and

#All work described in this paper which was accomplished at the

Space and Electronics Systems Division of Fairchild Hiller Cor-
poration was performed under Contract NAS-5-11044 for the
NASA Goddard Space Flight Center.
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is diagonally 1500 ft long. This extreme length produces
an inertia of over 200,000 slug-ft? and provides gravity-
gradient capture. The array consists of four separate
interlocked-seam tubular extendible elements (TEEs),
each 750 ft long. Each V portion of the X configura-
tion is electrically coupled, forming one antenna. The
earth-oriented V antenna will be utilized to measure earth-
generated noise. Solar and planetary emissions will be mea-
sured by the space-oriented V antenna. Prior to erection,
each antenna element is stored in a2 5.0 X 8.0 X 14.0-in.
dispenser mechanism. The entire array, including dis-
pensers, weighs 72 1b and can be erected in 25 min with
24-W of electrical power.

H. The Antenna Element

The basic material used in the antenna elements is
precision-rolled beryllium copper. The elements are
made from 0.002 X 2.00-in. continuous strip which is
heat treated to form a 0.570-in.-diameter tube. This
technique allows the tube to be wound flat on a spool
for maximum compactness.
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Fig. 1. Artist's conception of the RAE satellite, with antennus deployed

SHORT TAB

Fig, 2. Unformed anitenna element

Figure 2 illustrates the antenna element prior to heat
treating. The locked seam is made possible by punching
a series of tabs on the edges of the flat element. Every
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other tab has its apex flattened, ie., the distance from
the centerline of the element to the edge of the tabs
alternates between long and short. When the flattened
element springs into a tube, a short tab is presented to a
long tab. The seam is “zippered” by tucking short tabs
under long tabs. The “zipper” (Fig. 3) consists of a
narrow-crowned roller mounted inside the half-formed
tube on the centerline of the seam at a point just before
the tabs to be mated touch each other. The pair of tabs
move across the roller together as the element is dis-
pensed but are restrained momentarily by the roller from
curling into a tubular shape. The shorter tab springs
clear of the roller first and curls into its normal position
on the centerline of the seam. The longer tab clears
the roller last so that when it springs down, it overlaps the

3rd ABROSPACE MECHAMISIME SYMPOSIUM
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Fig. 3. Antenna element edge lock zipper

shorter tab already on the centerline. The process is re-
versed on the next pair of tabs. Thé end result is a row
of interlocked tabs. Each tab is 1 in. long in the axial
direction. To avoid play between adjacent tabs, an inter-
ference fit was achieved through the incorporation of an
11-deg wedge angle.

TARGET FOR
__ ON-BOARD CAMERA

The antenna element also incorporates a system of
thermal control coatings which are intended to mini-
mize thermally induced deflections that could occur as a
result of large diametral thermal gradients. (A AT of 2°C
is considered prohibitive.) The outer surface has a coat-
ing of silver (0.0001 in.) which is polished to produce an
absorptivity of less than 8%. To counteract the 8% ther-
mal input that is being absorbed, the antenna is per-
forated to allow 8% of the solar energy to pass through
the antenna and strike the back side. The inside of the
element is coated with a film of highly absorptive black
paint. Thus, 8% of the thermal input is absorbed on the
front side of the antenna and 8% is absorbed on the back
side, resulting in a theoretical zero gradient. Silver deg-
radation and perforation passthrough is expected to oc-
cur because of extended operation in space. However,
this combination of coatings and perforations is expected
to maintain a diametral thermal gradient of 0.75°C.

lli. The Antenna Dispenser Mechanism

The mechanism that is utilized to dispense each of the
four RAE 750-ft-long antenna elements is illustrated in
Fig. 4. It consists of a storage reel, drive train, element

‘CAGING DEVICE

Fig. 4. Antenna dispenser mechanism
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guide supports, antenna element edge locking device,
launch caging mechanism, and analog instrumentation,
mounted in a lightweight magnesium support structure.
The mechanism is enclosed by an aluminum-foil-lined
plastic cover that minimizes tarnishing of the silver-
plated antenna element and provides the required RF
shielding.

In the extend mode of operation, the element is pulled
from the storage reel by a pinch drive roller while a
small retarding force is applied to the storage reel
through a friction clutch. This feature precludes buckling
of the element, because it is in tension instead of com-
pression. In addition, the pinch roller drive system main-
tains an essentially constant deployment speed without
the complexity of a servo control system to compensate
for the changing diameter of the spool-stored element.
Furthermore, this unique drive feature eliminates the
need for a translating main reel shaft because axial align-
ment of the extending element is achieved at the pinch
drive roller.

Essentially the same drive principle is employed in the
retraction mode. The basic difference in this mode is
that the storage reel is driven with drive coupling
derived through an electrically operated crown tooth
clutch. During the retract mode, a slight retarding force
is applied by a slip clutch at the pinch drive roller,
which maintains element tension between it and the stor-
age reel. This feature ensures a repeatably tight element
storage wrap.

Ball-bearing-mounted rotating guide rollers are used
exclusively to assist the antenna element in making the
transition from flat to round. These rotating guides are
contoured so as to achieve a smooth transition of the an-
tenna element with no deformations after a minimum of
25 cycles. The contoured rollers also provide element
bending root fixity. The output end of the guide system
contains an adjustable pylon which has the edge-locking
roller at its tip.

A redundant system is provided for electrical connec-
tion to the antenna. A spring-loaded, gold-plated, rotat-
ing wheel makes one RF contact directly on the antenna
element at the pinch drive roller. The second RF contact
is made through a spring-loaded clip that is used to
attach the antenna root to the storage reel.

The mechanism design incorporates a ball detent,

solenoid-actuated, reel-caging device so that the spring-
like antenna material will remain tightly wrapped on the

40

storage spool during the launch vibration environment.
This caging device consists of a spring-loaded plunger
which engages with one of the slots provided on the
periphery of the antenna element storage reel. After
the desired orbit is achieved, the caging device is actu-
ated. A telemetry switch is provided to verify uncaging
of the reel. The switch also opens the solenoid circuit to
conserve spacecraft electrical power. Inadvertent reset
of the solenoid is precluded, since it requires a manual
override.

An analog signal provides a direct readout of the
length and speed of the antenna at all times during
extension and retraction. The signal is derived from a
10-turn precision potentiometer driven from the pinch
drive backup roller shaft. A gearhead speed reducer is
interposed between the backup roller and the potentiom-
eter to reduce the number of revolutions of the backup
roller to slightly less than 10 turns at the potentiometer
shaft for extension of 750 ft of antenna.

The limits of extension and retraction are sensed by a
subminiature switch which has a spring-loaded contactor
wheel that rides against the silver-plated surface of the
element. This contact takes place at the backup roller
adjacent to the antenna electrical connection. Switch
actuation occurs when a slotted hole punched in the
beginning and end of the antenna element passes under
the switch roller, allowing the antenna to descend into a
cutout in the backup roller, thereby opening the drive
motor circuit.

IV. System Tests

Tubular extendible elements, like many other space-
applied extensible systems, are unable to support their
own weight in the earth’s gravitational field. Regardless
of this limitation, it was necessary to verify, first, that the
antenna elements were straight as manufactured and,
second, that the dispenser mechanism could in fact ex-
tend and retract the element in a simulated spatial envi-
ronment with the required edge locking and unlocking.
As a result, a unique straightness testing and element
take-up device system was designed.

A. Antenna Straightness Testing

To date, straightness testing of tubular extendible ele-
ments has been conducted in water troughs several feet
wide and up to 150 ft long. The specimen under test is
usually supported by a row of saddles, each saddle being
mounted on an individual float. The energy in a bowed

3rd AEROSPACE MECHANISMS SYMPOSIUM



element is enough to displace the floats across the surface
of the water until a two-dimensional reproduction of the
curve is produced. Attempts have also been made to
measure a three-dimensional displacement by incre-
mental rotation of the element or by suspension on neu-
trally buoyant balloons. The prospect of scaling up one
of these 150-ft facilities to meet the 750-ft RAE require-
ment presented formidable problems, particularly since
the RAE specification permits a total tip deflection
of 13 ft.

1. Test facility. The ideal test facility was located just
10 miles from the NASA Goddard Space Flight Center,
at the Naval Ordnance Laboratory, White Oak, Maryland.
The site is an underground ballistic missile range that is
1000 ft long, 10 ft in diameter, humidity controlled, and
draft free, with the capability of having the air evacu-
ated. Since the facility is underground, the temperature
is stable. Because the range is in active use, its conver-
sion to an RAE antenna straightness facility, together
with the running of the test and removal of all gear, had
to be accomplished during a weekend.

In order to keep the entire rig portable, it was decided
to float the test antenna on small individual pans of
water in lieu of one continuous trough. A spacing of 5 ft
was selected. Since any bow in the floating element
would cause it to strike the side of the pan, the pans had
to be movable and were therefore suspended from over-
head crossbars. The crossbars were attached to the steel
walls of the range tunnel with magnets to avoid the
need for any welding or other permanent modifications.
Figure 5 illustrates the straightness test facility. Since
there were 150 pan suspension systems, the cost of each
had to be kept to a minimum. Thus, such things as cake
pans, coat hangers, and beaded chains were used effec-
tively throughout.

2. Test procedure. Each test is conducted as follows:
First a ruby laser is mounted on the centerline of the
tunnel and aimed down the row of suspended pans. To
bring the water level in all pans to a uniform height, a
target with cross hairs is floated in the first pan so that
the laser produces a dot upon it. A technician with a pair
of syringes, one empty and one filled with water, then
adjusts the water level of that pan to bring the horizontal
cross hair to the level of the laser beam. He then ad-
vances the target to the next pan and adjusts its water
level. Since the target is made from a transparent mate-
rial with scribed cross hairs, the laser shines through it
and can be used simultaneously by other technicians
leveling pans farther up the tunnel.
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Fig. 5. RAE antenna element straightness testing

Once the pans have been leveled, the next step is to
extend the antenna element to its full length and support
it by Teflon hooks (prior to supporting it on floats), The
antenna element with locked  seam wup is manually
guided through all 150 hooks. The next step is to attach
the floats, which are styrofoam cylinders 3 in. in diam-
eter with a 0.570-in. hole on the axis. They are molded
in halves and are secured around the antenna with a
piece of tape wrapped once around the circumference of
the float. The cylindrical design of the float is extremely
important because it allows the antenna seam to twist.
The antenna element is then removed from each succes-
sive hook and the float is placed in the water. Each pan
is adjusted laterally as required to keep the float in the
center of the pan. The off-axis deviation is then measured
along the antenna element. Once these measurements are
completed,y the antenna element and mechanism are ro-
tated 90 deg. Flotation adjustments are again made, and
the off-axis deviations are measured. This technique
therefore provides information that verifies that the man-
ufacturing process is not resulting in excessively distorted
antenna elements.

B. Dispenser Mechanism Testing

Verification of dispenser mechanism design integrity
requires a device that can accept or release the antenna
element without imparting an axial load on it. This was
accomplished through the design of a bidirectional servo-
controlled take-up mechanism. In effect, the take-up
mechanism was designed as a mechanical symmetry of
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Fig. 6. Antenna dispenser mechanism testing

the flight dispenser. That is, drive principles such as
motors, pinch drive rollers, drag clutches, rotating form-
ing guides, etc., were preserved, since they were under-
stood and known to function properly. A bidirectional
servo system was designed to satisfy the velocity require-
ments of the flight units. Operation was simple, in that
arming the electronics required only one switch closure.
After this operation, the take-up device system simply
responded to the flight units. The fixture length re-
quired the utilization of the 18-ft-long horizontal thermal
vacuum test chamber at the Fairchild Hiller Space Tech-
nology Center. Figure 6 illustrates this test setup.

V. The Take-up Mechanism

Figure 7 illustrates the mechanical design concept of
the take-up mechanism. The object of the device is to
accept and/or release the antenna element without in-
ducing an appreciable axial load in the formed tubular
element section. To accomplish this, all forces acting in
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the element must be nullified. As shown in Fig. 7, force
F, is caused by the strain energy of the element which
occurs as it translates from the flat to the tubular shape.
When the flight mechanism is in the extend mode, the
element is coming into the take-up mechanism at a con-
stant rate. Drag forces D;, D,, and D; add to force F..
The spring must nullify these forces. Since the force-
sensing roller is restrained by two strands of tape, only
half of F, is applicable in calculating the element tension.
Likewise, only half of D, is applicable. The equation
then becomes

D, F,

Equation (1) is the equation that must be satisfied
when the calibration system is in the extend mode. Since
the tape velocity is constant, the various forces are con-
stant, and the equation can be satisfied. The take-up
mechanism motor does not enter into the calculations,
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Fig. 7. Schematic diagram of take-up mechanism

since the spring is an effective buffer and tension
regulator.

In the calibration system retract mode, the element is
being pulled from the take-up mechanism storage reel
by a pinch drive roller. The various forces now subtract
from force F,. In addition, the element velocity is vari-
able. Because of the buffer action of the spring, the
force equation becomes

D3 F2
Fl—Dl'—Dz— 2 =—_2_‘ (2)

Since the drag forces D,, D,, and D; are small and do
not vary significantly with velocity, it is not necessary
to change the spring force F, in order to accommodate

Eq. (2).
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This automatic calibration system was used exten-
sively throughout the RAE mechanism design qualifica-
tion and acceptance test program, Five full-length
extensions and retractions were performed on each
mechanism prior to installation in the spacecraft.

Operational integrity of the calibration system was
verified visually by merely observing the position of the
element loop sensing roller relative to the bearing slot
extremities. As long as the roller shaft is not bottomed
against either end of the slot, an axial force is not being
transmitted to the translating antenna element.

V1. Conclusions and Recommendations

It can be concluded from the results of this develop-
ment effort that compact lightweight tubular extendible
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element systems (TEEs) can be employed for extremely
long space antenna arrays. Furthermore, this activity has
demonstrated that it is possible to adequately test very
long antenna systems in the earth’s gravitational field. In
order that this segment of the technical community
might benefit from this activity, the following develop-
ment findings are mentioned:

(1)

(@)

(3)

Pinch driving of thin web material such as TEEs
requires adequate tension control. Friction drag
clutches can be utilized. Delrin friction plates
should not be used. Recommended for use are
composite bearing materials consisting of a brass
backing onto which is sintered a thin porous layer
of spherical bronze, which is, in turn, impregnated
with a mixture of TFE fluorocarbon resin and lead
powder.

The pinch drive roller elastomer should be chosen
carefully. Viton should not be used because the
durometer changes 90% at +5°F. Instead, we
recommend a silicone elastomer per Federal Speci-
fication ZZ-R-765a, Class III Type 50.

Magnetically shielded, crown tooth, electrically
operated, duplex clutches can be used for mode
switching, provided mode coupling is isolated with
one-directional mechanical clutches. This will pre-

vent the front wheels from turning when the rear
wheels are standing still.

(4) Bidirectional servo-controlled TEE storage systems

(take-up mechanisms) with narrow bandwidths
can be devised. The designer should not attempt
to compensate for inertia-caused jitter electron-
ically. Instead, he can use viscous dampers, which
are available for operation in a thermal vacuum
environment.

(5) Brush-type permanent magnet direct-current mo-

tors can be used for space applications without
incorporating baffling schemes, O-rings, or wobble
plates. Hermetic sealing can be achieved with
bearing-supported eccentric shafting and a bel-
lows. However, the shaft and bellows materials
and bearing support system should be chosen with
extreme conservatism.

(6) Torsionally rigid, edge-locked TEE systems can be

made simple. The designer should evaluate and
understand his system geometry before launching
into a complicated moving part system, and should
provide sufficient adjustment to compensate for
assembly and component tolerances. The RAE sys-
tem uses a simple, fixed-shaft-mounted wheel,
which reliably achieves edge-locking of 43,560 tabs
per spacecraft.
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The Development Philosophy for SNAP Mechanisms*

O. P. Steele, Il

Atomics International
A Division of North American Rockwell Corporation
Canogo Park, California

Mechanisms used in the control of SNAP (Systems for Nuclear Auxiliary Power)
reactors face a life of many years in a hostile environment of high temperature
(1000° F ), high radiation (10%° nvt), and space vacuum (10 torr) without mainte-
nance. The development approach for these mechanisms could either have been
one of creating a congenial environment by a secondary support system or of
producing mechanisms capable of direct operation in the hostile environment.
For the SNAP reactors it was decided that this latter approach gave the highest
overall system reliability.

This paper discusses this direct approach concept to hardware development
and describes the steps taken for the successful development of the SNAP reactor
control system mechanisms. The resulting whole new family of state-of-the-art
mechanism components, such as actuators, bearings, gears, springs, limit switches,
and position sensors, is briefly described.

The SNAP 10A system was successfully flown in 1965, and the SNAP 8 system

is being readied for ground test later this year.

[. Introduction

During the last ten years, the Atomics International
Division of North American Rockwell has been engaged
in the development of the SNAP (Systems for Nuclear
Auxiliary Power) reactor systems for the Atomic Energy

*This work was performed under Contract AT(04-3)-701 for the
U. S. Atomic Energy Commission.
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Commission. These are compact, liquid-metal-cooled,
nuclear reactors coupled to various power conversion
systems. The SNAP 10A system (Fig. 1), which was suc-
cessfully flown in April 1965, was coupled to a thermal
electric power conversion system and produced 500 W
of electrical power. The SNAP 8 system, which is being
readied for ground test later this year, will produce
700 kW thermal, and, when coupled to a mercury rankine
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power conversion system, will produce 70 kW elec-
trical power. If it is coupled to a thermal electric system
similar to the 10A system, it will produce 15 kW elec-
trical power.

Il. Description of SNAP Reactors

These SNAP reactors provide a very strenuous envi-
ronment in which mechanisms must operate, including
space vacuum, high temperature, and high nuclear radia-
tion after being subjected to launch, shock, and vibration.
No repair or maintenance is possible during the several
years that these nuclear reactors are operating. Size,

weight, and reliability are naturally of prime importance.

For weight consideration, it is desirable to omit or mini-
mize both thermal insulation and nuclear shielding be-
tween the mechanism and the reactor. The components
in close proximity to the reactor receive a radiation dose
as high as 10?° nvt (fast neutrons) and 10" rad (gammas)
during a one-year period. The thermal heat generated

by the reactor results in mechanism temperatures from -

1000°F, near the bottom of the core vessel, to 1300°F
at the top.

Because of space startup of the reactor, the mechanism
must operate from subzero temperatures to the high
steady-state temperatures above. Structural integrity,
dimensional stability, and frictional characteristics of the
mechanism must be kept within functional tolerances.
Design requirements are further complicated by the
vacuum of outer space. Exposed surfaces become “super”
clean, providing opportunity for contacting surfaces to
vacuum-weld together. The launch imposes shock loads
up to 35 g, with accelerations to 100 g. Random noise
vibrations can result in peaks up to 50 g, depending upon
the launch vehicle.

The SNAP 10A and SNAP 8 reactors are cooled by
liquid metal (NaK) and have homogeneous uranium hy-
dride fuel (Fig. 2). The reactors are controlled by in-
creasing or decreasing the leakage neutrons with external
Be reflectors. The reflectors are semicylindrical drums
that surround the reactor core vessel and rotate toward
the core or away, as required.

ll. The SNAP Reactor Control Mechanism

The reactor control mechanism is composed of an
electromagnetic actuator that rotates the drums through
a gear train upon command from an electronically pro-
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Fig. 2. Artist’s sketch of the SNAP 8 reactor

grammed controller, along with the necessary auxiliaries
such as position sensors and limit switches.

As soon as the space vehicle is in an established orbit,
a ground command signal initiates reactor startup
(Fig. 3). The electromagnetic controller is energized and
controls the system by a programmed sequence of sig-
nals to the control drum actuators.

The direction, rate, and order of stepping action are
preset in the programming. The coarse control drums
are released and rotate to the full-in position. At this
point the reactor is still subcritical, and the three fine
control drums then start their rotation inward. Each
drum is stepped sequentially.

During the startup, there are several preset rotational
rates, with the rates decreasing as the reactor becomes
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Fig. 3. SNAP 8 control system logic

critical and temperature or heat generation is estab-
lished. When the reactor power level reaches the desired
temperature, negative reactivity is introduced as a result
of the temperature coefficients of the grid plate and fuel,
thus dampening the power transient. After the initial
temperature transient there is a gradual rise in power,
with corresponding rises in the system temperature and
coolant flow. This process continues until the reference
temperature is reached. The temperature sensors then
signal the controller, and the power to the control drum
actuators is stopped. When the reactor outlet tempera-
ture varies from the design reference temperature, a tem-
perature sensing switch signals the controller and the
actuators step the drums to correct the reactivity.

IV. Design Philosophy

The detailed explanation of how this control system
operates was given to show its simplicity. It is readily
apparent that a mechanism to perform this function
could have taken the form of a hundred different de-
signs. The question is, then, why this one?

In the development of the control mechanisms for the
SNAP reactor, we have established three basic philoso-
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phies. The first of these is that we accept the fact that
the shortest, most direct route to achieving the end ob-
jective may not be a direct line through the normal way
of doing something. Second, the reliability is generally
increased by the elimination of backup systems and by
the reduction of the number of parts. Third, the fastest
and least expensive development program is one that
proceeds methodically from the understanding of the de-
tails to the evaluation of the completed assembly.

Let me illustrate each of these points. For the first, let
us take the prime mover for our mechanism. We had
available to us, from the prime system bus, both dec and
400-Hz ac. The rate of movement of the control drum for
nuclear purposes is % deg every 240 s. The generally
accepted small prime mover for space applications is a
high-speed ac motor, with 400 Hz being a common fre-
quency. Were we to use a 4-pole, 400-Hz motor and a
straight gear train reduction, we would end with a gear
train with a ratio of two billion to one. Even if we were
to use an 8- or a 12-pole motor, we would not have
helped the situation significantly. Were we to pick some
lower frequency, we still would end with a massive gear
reduction system and still have a nonstandard prime
mover.

If, however, we do not hamper our thinking by too
much familiarity with how others are designing their
space prime movers, but look at the basic end objectives,
we quickly reach a different solution.

In the development of the hardware for the SNAP
reactors, the starting point was a clear definition of the
end functional requirements. The solution was then de-
termined by the simplest and least amount of equipment
to provide this function. In the point in question, the
requirement is to move the control drum through small,
incremental steps. The available power source is dc or
400-Hz ac. The objective is to couple these two points
with the least number of incremental active components.

A dc stepper motor, with time delays between steps,
represented the simplest approach. This solution circum-
vented many of the major problems such as lubricating
the high-speed bearing and gears, the self-welding of
rubbing parts, and high-speed position feedback. When
this decision was reached, back in 1959, the dc stepper
motors were far from the refined and widely used de-
vices they are today.

By applying this same philosophy in the stepper motor
design (“what is the basic physical law?” rather than
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“what is the standard design?”) it has been possible to
convert the dc stepper motor from a device that pro-
duces about 2.5 in.-0z/lb at room temperature to one
that produces 24 in.-oz/lb at temperatures as high as
1300°F (Fig. 4).

This has been accomplished by such unorthodox de-
sign changes as the elimination of the permanent magnet
rotor and the bifilar winding normally used. A design
change giving the stator and rotor each the same number
of teeth and moving these torque-producing teeth to the
outside periphery has resulted in the greatest incremental
torque increase. The development of a technique for wet
winding the coils has allowed the fabrication of units
with high reliability for long life at over 1200°F.

The second point can best be illustrated by the devel-
opment of components to operate directly in their normal

SNAP 8
DEVELOPMENTAL
SNAP 10A, 650°F

PERMANENT MAGNET ROTOR
BIFILAR WINDING

SOLID ROTOR
IMPROVED INSULATION
SINGLE COIL WINDING

REACTOR MOCKUF, 950°F

environment. The alternative approach would have been
to supply an artificial environment, less hostile to the
component, by an auxiliary system: that is, to enclose
the components within a sealed envelope, so that they do
not see the vacuum environment, and to supply them
with auxiliary cooling. This, however, results in the sys-
tem reliability being a product of the reliability of the
prime component and of the auxiliary system. Our experi-
ence has shown that our system reliability decreases with
each additional item of hardware.

The third point is that of an orderly development
program. The development program for the system
components has proceeded from the detail material
or component development testing, through the subas-
sembly testing, and then to a prototype test. One illus-
tration of this is bearing development (Fig. 5). When the
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Fig. 4. Development of the dc stepper motor
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Fig. 5. Bearing material development

program started, no information was available on the fric-
tion of materials at 1000 to 1200°F in a vacuum environ-
ment. The initial tests were, therefore, material friction
and self-adhesion tests. About 100 material combinations
were tested to determine the ones with minimum friction
and the least tendency to self-weld. Next, developmental
bearings of the most promising materials were con-
structed and tested to verify the design calculations.
Finally, prototype bearings were made and tested, under
simulated conditions, for the full life requirement.
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V. Thermal Environment

Because we have found that the thermal environment
is the most strenuous, all prototypes are tested at 100°
above the calculated operating temperature and to four
times the expected thermal cycles. For the SNAP 8 re-
flector bearings, which are expected to operate at 1100°F
and which are expected to experience 50 thermocycles
during their life, prototype tests are conducted at 1200°F
and through 200 thermocycles.
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A more general illustration is shown in Fig. 6, where
basic development tests on electrical conductors, high-
temperature insulation, bearing friction, and self-welding
are used as a foundation for the actuator prototype
development.

VI. Flight Test Experience

The soundness and adequacy of this development ap-
proach is well illustrated by the SNAP 10A flight test.
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During the preparation for launch and the count-down,
not a single halt was caused by the reactor mecha-
nism, During the 43 days of space operation, the reactor
control mechanism functioned perfectly. (Paradoxically,
it was the perfect functioning of the mechanism that
resulted in the early shutdown of the reactor, when a
spurious telemetry signal falsely triggered the “end-of-
life” shutdown portion of the mechanism.) Similarly, per-
fect results have been achieved on ground tests where
the space reactor systems have operated in similar envi-
ronments for over a year.
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Mechanisms for Restraining and Deploying
a 50-kW Solar Array*

Theron Haynie and Abraham Kriger
The Boeing Company

Seattle, Washingfon

A 5000-ft* folding modular solar array, designed by The Boeing Company for
the Jet Propulsion Laboratory, can generate approximately 50 kW of power, with
an efficiency greater than 20 W/Ib, for a Mars flyby mission. To adequately
stow and deploy this large-area solar array during boost and space flight, new
mechanism-system design using conventional (1967 technology) light-duty mecha-
nisms has been developed. The design requirements and hardware descriptions
used to restrain, release, and deploy this large array are discussed.

I. Introduction

As spacecraft become more sophisticated and are
required to perform more tasks, electrical power needs
increase rapidly. While the Explorer I satellite required
just a few milliwatts to complete its mission, a hypo-
thetical ion-propelled spacecraft system, which has been
studied for a Mars mission in the 1970s, indicates power
demands approaching 50 kW. A 5000-ft* folding modular
solar array, designed by The Boeing Company, has the
capability to generate approximately 50 kW of power,

*This work was performed for the Jet Propulsion Laboratory,
California Institute of Technology, sponsored by the National
Aeronautics and Space Administration under Contract NAS 7-100.
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with an efficiency greater than 20 W/lb, for a Mars
flyby mission.

The spacecraft that would utilize the solar array would
be boosted by a Saturn IB/Centaur launch vehicle, and
the array would be deployed within 3.5 h following
launch (see Fig. 1). The design environments include
steady-state and transient load conditions: sinusoidal,
random, and acoustic excitation and extreme temperature
and thermal shock conditions. The array configuration
(Fig. 2) maximizes the live cell area within the shroud
envelope. Four identical panel assemblies are positioned
symmetrically about the spacecraft longitudinal axis. A
panel assembly consists of 13 separate subpanels, each
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Fig. 1. Artist’s conception of an lon-powered Mars flyby spucecraft utilizing o 5000-f° selor array
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Fig. 2. Solar array, stowed and deployed

8 ft wide and varying in length from 9.5 to 13.5 ft. The
first subpanel in each quadrant supplies 28 V power; all
other panels supply 100 V power. When deployed, the
array is firmly locked in a flat plane.

Beryllium is the primary structural material in the
subpanel framework (Fig. 3) because of its excellent
stiffness-to-weight ratio. Each framework consists of thin
hot-formed beryllium channel and plate material bonded
to form structural members. Adhesive bonding is used to
eliminate possible stress risers that occur with mechanical
fasteners. A diagonal matrix of 0.003- by 0.140-in. fiber
glass tape is accurately positioned and bonded to the
beryllium framework, providing a lightweight mounting
surface for the solar cells. The tapes are pre-tensioned to
increase substrate rigidity.

Il. Boost Tiedown and Release System

The tiedown system allows the four panel assemblies
to work together as a single structure during boost, in-
creases the effective out-of-plane stiffness of each panel
assembly, and reduces the loads inside the structure
(Fig. 4). Mechanical release trains are used to minimize
the number of pin-releases required for deployment.
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To enhance its adaptability to different spacecraft con-
figurations, the array-to-spacecraft interface is limited to
a single array station plane. Three hinges per panel
assembly transmit all boost loads from the array to the
spacecraft and provide a hinge line for deployment.
Each panel assembly is restrained from out-of-plane ro-
tation about the hinge line during boost by linking it to
its adjacent panel assemblies, which are inherently stiff
in the in-plane direction; adjacent panel assemblies are
joined by main tiedown fittings. To meet the boost phase
frequency, envelope, strength, and weight environment,
the 13 individual subpanels in each panel assembly act
together as a type of “deep beam.” A subpanel frame
element is only 1.5 in. deep but may be as long as 13 ft.

By comparison, the entire panel assembly stack is 23 in.
deep. A minimum of six shear transfer points along each
longitudinal spar member is necessary to satisfy strength
and stiffness requirements. By increasing the number of
shear transfer points from one per longitudinal spar
member to six, the fundamental frequency of the array
is increased from 8 to 22 Hz, the peak deflection is de-
creased by over 10 times, and the maximum internal
bending moments in the spar members are decreased
over two times without changing the spar cross-sectional
properties.
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Fig. 3. Subpanel construction details

The net effect of using the tiedown and shear-tie sys-
tem in this way is to make the individual subpanels work
as an integrally stiffened panel assembly, where the indi-
vidual panel assemblies work together as a more rigid
unit basically independent of the spacecraft.

The shear ties provide load continuity between sub-
panels, both in a shearing and a normal direction. The
shear teeth fitting minimizes localized loading effects into
the beryllium spar members, thus improving the overall
structural capability. The shear teeth are machined from
6Al1-4V titanium plate with a multiple-tooth cutter to
minimize the additive tolerance between mating parts.
The teeth are bonded to the subpanels, but may be
adjusted dimensionally along three axes. A preload at
each shear-tie location maintains positive contact be-
tween mating shear teeth during critical loading condi-
tions and is applied by three types of cable assemblies
(Fig. 4): the circumferential cable, the corner cables, and
the center tie cables. Additionally, release train cables
run along each inboard edge of a panel assembly parallel
to the longitudinal axis of the spacecraft and release the
tiedown system on signal. In addition to these cable
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assemblies, there are various fittings in the boost tiedown
and release system that transfer loads between adjacent
panel assemblies, serve as the termination point for the
tiedown cables, transmit the component of cable loads
inward into the panel stack, and react the center tie
preloads.

The materials used for the system include stainless
steel control cables for all external tiedown cables, or-
ganic Nomex cables for all center spar ties, and 7075-T6
aluminum for all fittings. Hard-anodize and molybdenum
disulfide are used for bearing surfaces.

Rigging procedures require that center tie cables are
installed and pre-tensioned initially, followed by installa-
tion and pre-tensioning of the outer cables in a prede-
fined order to minimize wracking of the panel assembly.
Rigging tests will be made to establish an optimum
sequence to obtain the desired preloads in all cables. The
mechanics of operation for the boost tiedown and release
system during the rigging, operation, and release phases
of the mission are examined and verified by ground tests
as the overall program progresses.
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Fig. 4. Boost tiedown and release system

In a typical mission profile, the nose shroud is dis-
carded before the final-stage burn. After burnout, when
all significant boost loads have ceased to exist, the tie-
down releasing sequence is initiated. An ordnance pin-
release mechanism at each of the four major fittings is
detonated, setting off a series of mechanical motions
throughout the release train system. (The ordnance pin-
releases selected are identical to those previously quali-
fied on the Lunar Orbiter program.) All cables are
released and discarded except for a single center tie
cable that is retained on each of the four panel assem-
blies to prevent premature deployment. All significant

- stored strain energy is dissipated before panel deployment.

ll. Panel Deployment

The main panels are deployed sequentially by an
electric-motor-driven cable drum (Fig. 5). Four cable
drum motor units mounted inside the spacecraft provide
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a primary drive for each panel assembly. The cabling is
rigged to make opposite panel motors operationally re-
dundant, thus ensuring symmetrical deployment of each
panel assembly pair even if one motor and cable drum
assembly fails, Deployment velocity is controlled by the
cable drum speed. On each main subpanel a control
quadrant converts cable tension to hinge moment and
controls the deployment sequence using a geneva drive
mechanism to keep the panel stack secure until the adja-
cent inboard subpanels are open.

When the spacecraft is properly oriented, cable cutters
sever the remaining center tie cables and release the
panels for deployment. Power is supplied concurrently to
the four deployment motor-cable drum assemblies. As the
cable is drawn in, each panel assembly rotates 90 deg
from the spacecraft centerline until a diagonal strut ex-
tends fully. Cam action on the center hinge unlatches
the outboard 12-subpanel stack from the inboard panel,
allowing deployment to continue. The subpanel stack
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Fig. 5. Mechanisms and deployment sequence

rotates through 180 deg, at which time a four-bar link-
age, integrated within the main hinges, snaps over center
to securely latch Panel 2 to Panel 1 in a flat plane.

As the second subpanel reaches the full open position,
the control-quadrant geneva rotates to release the out-
board 9-panel stack. The sequence continues through
successive 180-deg unfolding maneuvers until all main
panels are deployed. Runaway deployment is prevented
and passive damping provided by resistive torsion springs
inside each main panel hinge assembly.

Each main subpanel four-bar linkage latch connects to
a pin, which, when withdrawn from a fairlead in the end
of the auxiliary A and B panels, allows each to deploy
independently about its hinge axis. The deployment
energy is supplied by a torsion spring in each hinge.
Light-duty four-bar overcenter linkage latches lock the
auxiliary subpanels in a flat plane. The angular velocity
at latching is limited by a rotary viscous damper on-each
auxiliary subpanel. The dampers provide a damping ratio
of 12 in.-Ib/rad/s. Since the dampers are not temperature-
compensated, thermal-control coatings are applied to
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prevent excessively high temperatures. High-temperature
operation causes a reduction in the damping capability,
allowing excessive closing velocities at latching. Dampers
exposed to deep space during the 3.5-h coast period are
not protected from reduced temperatures. A warming
period is required, after the main panels are deployed,
before the oil flows freely within the damper passages.
The dampers have sun exposure over 50% of their sur-
face once the spacecraft locks on the sun and the main
panels are deployed. If the spacecraft tumbles during
coast, cooling of dampers is reduced.

IV. Deployment Design Details

The motor-cable drum assembly is composed of a
1/250-hp electric motor with a speed of 9700 rpm under
load. The motor drives a 2.75:1 smooth ball bearing
planetary reduction. The sun ring forms the wave gener-
ator for a middle-stage harmonic drive reducer with a
ratio of 72:1. The output of the middle reducer is the
wave generator of the third-stage harmonic drive with
reduction of 140:1 for a total reduction of about 37,700:1.
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The third stage output directly drives the cable drum,
which is the outside housing for the motor and reducing
train, The effective pitch diameter of the cable on the
drum is 2.46 in.; the drum revolves at 0.259 rpm, provid-
ing a cable speed of 0.033 in./s. The motor, the planetary
reduction, and the middle-stage wave generator are her-
metically sealed, and the third-stage reduction has a
rotary seal. Four drive units, each weighing 2.50 1b, are
used. Batteries in the spacecraft electrical subsystem
supply 28 V electric power. Space is provided within
the spacecraft to route deployment cables and mount the
motor-cable drum units.

The deployment cable used is 1/16-in.-diameter
Monel, coated with molybdenum disulfide (MoS,) dry-
film lubricant, and has a breaking strength of 304 Ib. It
becomes a spring of reducing stiffness as deployment
progresses to panel stacks of decreasing mass moment of
inertia (803 slug ft* initially and 92 slug ft2 for Sub-
panels 5, 5A, and 5B).

The control quadrants are made from aluminum alloy
and provide an effective moment arm of 2.88 in. The
cable groove is coated with MoS;, preventing adherence
of the cable to the quadrant. The cable is retained on the
quadrant by a Negator under a hoop tension load. As
the quadrant and outboard panel stack rotate, the Nega-
tor spring is rolled onto a ball bearing take-up spool.
These ball bearings, for space vacuum service, are stain-
less races and balls with a Teflon ball separator that
deposits a minute quantity of Teflon to the rotating balls
for lubrication and prevents vacuum welding.

The hinges between the spacecraft and the panel stack
are the only ones that must withstand boost burnout
loads. Outboard hinges support the deployed panels only
under spacecraft maneuvers, ion engine thrust, and the
panel loads introduced as they latch in place during de-
ployment. Outboard hinges are made of simple flat alu-
minum plates riveted to mounting plates bonded on the
outboard beryllium spars. Each hinge-half forms one leg
of a four-bar linkage overcenter latch with pin joints.
Bearing surfaces are prepared by first hard-anodizing
the hole area and grinding to size. A baked-on coating of
MoS, dry-film lubricant is then applied. The use of pin
joints for latching eliminates sliding and mating surfaces,
and backlash is limited to a tolerance buildup of the pin
joints. Drilling of one hole on final assembly of the latch
ensures perfect alignment. Striker plates, shear pins, and
other precision-fitted parts are eliminated.
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Auxiliary subpanel hinges use the same hard-anodize
and dry-film pin bearings. Auxiliary subpanel deploy-
ment drive is provided by torsion springs. In the de-
ployed state, the bending moment between panels is
carried across the hinge as a couple between the hinge
pin and the overcenter latch pins.

The diagonal strut between the spacecraft and the first
subpanel maintains the angle between the spacecraft and
the solar array. It also is a panel deployment lock. The
strut is made up of four articulated links that stow nested
together between the panel assembly and the spacecraft.
As the panel deploys, two links straighten to form a
tension-compression member maintaining angular con-
trol. Two smaller links lock the rotary joint in exact align-
ment so that no eccentric column buckling exists.

Four types of springs are used on this design: Negator
springs as cable guards; compression springs as ice
breakers (to provide a short-stroke high-impulse force);
torsion springs as main panel resistance springs, auxiliary
panel deployment drive springs, overcenter latch springs,
and diagonal strut springs; and curved washer springs on
the overcenter latch and on the diagonal strut pins.

V. Test Program

Testing of the array in an earth gravity field has been
identified as a complex problem. The fully deployed
structure, intended exclusively for space operation,
hardly supports its own weight in the 1-g environment.
Each subpanel must be completely supported independent
of the adjacent subpanel and without putting excessive
forces on the hinges. The supporting equipment must
introduce a minimum resistance to deployment when
driven with the panel deployment drive system, to mini-
mize the influence of the equipment on the array charac-
teristics and to avoid masking the attainment of system
objectives. Deployment data and hard vacuum operation
are obtained using prototype mechanisms mounted to
small aluminum frames. Friction, latching, frame deflec-
tion, and performance tests are completed before the test
article is inserted in a vacuum chamber. Hinge center-
lines are positioned vertically to minimize gravity effects.

Full-size main subpanel deployment requires a fixture
that fully supports the subpanels and minimizes operat-
ing friction (see Fig. 6). The fixture uses an overhead
suspension system to support the deployed subpanels,
simulating 0-g conditions, while the undeployed sub-
panels are carried on an air-bearing sled that follows a
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Fig. 6. Artist's drawing of the air-bearing track and overhead support used to provide the 0-g environment for the
array during the deployment test. The air-bearing sled and air supply tender are also shown
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curved track made of cast aluminum sections. Each sec-
tion has an epoxy coating and is machined flat to within
+0.0005 in, in 10 in. On installation, the sections are
leveled to +0.003 in. The air-bearing gap varies between
0.0008 and 0.0013 in., depending on the load when sup-
plied with 15 to 20 psig air. The sled air is supplied from a
tender which contains its own pressure vessel and regu-
lator to eliminate drag, which an air hose from a ground
supply would cause. Tests, using mass and balance simu-
lated aluminum main subpanels, have shown that the

COUNTERWEIGHT
DETAIL A

BEARING

solar panel deployment mechanisms are adequate to
drive the ground equipment as well as the deploying
subpanels.

Auxiliary subpanel tests use a fixture that mounts a
main subpanel and its contiguous auxiliaries with the
hinge pin centerline vertical. Mechanical bearings rather
than air bearings are used to overcome gravity loads. An
artist’s conception of the subpanel test fixture is shown
in Fig. 7.

Fig. 7. Artist's drawing of the overhead support system providing for a 0-g auxiliary panel deployment environment
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Lubrication of DC Motors, Slip Rings, Bearings, and
Gears for Long-Life Space Applications

B. J. Perrin and R. W. Mayer

Ball Brothers Research Corporation
Boulder, Colorado

The Vac Kote lubrication system, which was developed in support of the
Orbiting Solar Observatory program, is described. The system involves the use
of fluid organic compounds, solid films, and grease formulations. Theoretical
principles underlying lubrication in the high vacuum of space are discussed. A
summary of flight performance and laboratory test data on Vac Kote-lubricated
parts is given; such parts include torque motors, slip ring assemblies, bearings,

linkages, solenoids, potentiometers, and gears.

I. Introduction

Lubrication of moving parts, in the high-vacuum envi-
ronment of space, is one of the special considerations of
space technology. Inadequate lubrication of sliding or
rolling metallic surfaces exposed to this environment not
only results in excessive wear and erratic performance,
but usually also in cold welding of surfaces and cata-
strophic failure. In addition to its customary functions of
reducing friction, supporting loads, reducing wear, and
transferring heat, the successful space lubricant must also
satisfy the unique requirements imposed by ultra-high
vacuum, zero gravity, and radiation.

3rd AEROSPACE MECHANISMS SYMPOSIUM

In the atmosphere, surfaces can be lubricated by con-
ventional methods, and a thin oxide layer will often pre-
vent metals from adhering, even when no lubricant is
present. Water vapor and organic contaminants in the
atmosphere also help lubricate the interfaces. None of
these welding inhibitors is normally available in suffi-
cient concentration, in a space environment, to provide
adequate lubricant protection. Conventional lubricants
are not satisfactory for space application since many
evaporate or decompose rapidly. The lubricant material
must have a very low vapor pressure in order to pre-
vent premature exposure by evaporation of the contact
interface.

Preceding page blank 65



In space, zero gravity eliminates the use of gravity
feed and some pressurized lubricating systems. Any sys-
tem must therefore rely upon the surface mobility of the
lubricant material (both across the surface and away
from it) and unconventional reservoir devices. Two trans-
portation mechanisms can be used in a lubrication sys-
tem designed for space applications:

(1) Direct contact of interface with a near-proximity
reservoir (a lubricant-saturated bearing retainer,
for example).

(2) Molecular migration of the lubricant to the inter-
face from a remote reservoir (a small, lubricant-
saturated, sintered, nylon matrix, for example).

. Vac Kote Lubrication Process

Both a theoretical model of material characteristics
and their interaction, and an engineering model, defining
the application, are required to evaluate the ability of
lubricants to provide long-life component performance in
the space environment. M. M, Fulk, staff scientist, Ball
Brothers Research Corporation (BBRC), developed a
theoretical model in 1959-1960.* This model forms the
basis of BBRC’s long-life vacuum lubrication processes,
collectively known as Vac Kote.

Vac Kote involves the use of fluid organic compounds,
containing metallo-organic complexes and long-chain
hydrocarbon molecules; solid films (consisting mainly of
molybdenum disulfide); and grease formulations. The
BBRC models are used to evaluate molecular character-
istics of the interface materials, the environment antici-
pated, and the performance requirements. This evaluation
determines the specific combination of materials and
techniques to be used. Thin-film coatings are applied by
vacuum processing and adhere to metal surfaces through
molecular bonding. Solid film coatings are applied
mechanically.

All organic materials are adversely affected by radia-
tion. This factor must be considered in the choice of
lubricant materials. Primary radiation sources in space
are the Van Allen belts, solar radiation, and cosmic radia-
tion. The amount of annual radiation dosage, from these
sources, inside a 0.25-in.-thick aluminum housing has
been estimated to be approximately 5 X 10° ergs/gram
for a synchronous orbit of 22,000-mile altitude. Threshold

Fulk, M. M., Mechanics of Wear and Interaction of Metal Sur-
faces, TN65-303. Ball Brothers Research Corporation, Boulder,
Colo., Nov. 1965.
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damage of Vac Kote lubricant, due to radiation, has been
determined to be approximately 5 X 10 ergs/gram,
indicating approximately 10,000 years survival of such
radiation exposure.

The Vac Kote lubrication system is designed to pro-
vide lubrication during the ground handling and testing
required prior to equipment use as well as during space
operation. The low vapor pressure of the lubricant per-
mits the use of conventional open configurations in the
design of the drive mechanisms, eliminating the need for
complex seals of uncertain reliability. Simple mechanical
designs, material selection, and extremely low vapor
pressure coatings control lubricant outgassing contami-
nation of other spacecraft devices. The very low vapor
pressure of Vac Kote lubricant and its replenishment
mechanism provide long-term lubricant availability at all
contact interfaces.

The basic steps in the Vac Kote lubrication process
are:

(1) Pretreatment inspection and performance testing.

)
2) Vac Kote vacuum application.
) Vacuum chamber run-in.

)

(

(3

(4) Inspection and performance testing after vacuum
run-in,

lll. Theoretical Principles

BBRC'’s approach to determining the special proper-
ties of a lubricant for high-vacuum space applications is
based upon conventional lubrication technology, ex-
panded by applicable fundamental principles of molecu-
lar physics, surface physics, and physical chemistry. For
most applications, under normal atmospheric conditions,
conventional lubrication technology can be used to de-
termine the lubricant characteristics for supporting loads,
controlling friction, and transmitting heat. The unique
requirements of a high-vacuum space environment re-
quire consideration of additional lubricant properties.

BBRC uses two basic models to analyze these addi-
tional considerations: (1) a theoretical model that pro-
vides the analytical tool for evaluating the interaction of
interface materials, and (2) an engineering -model for
analyzing the performance of hardware components, me-
chanical geometry, and lubrication system under the con- -
ditions of operation, load, and environment peculiar to
the specific application.
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The theoretical model uses the standard theory of dis-
locations to account for the mechanics of wear. This
theory assumes that adhesive wear accounts for most of
the destruction. The model uses the concept of quantum
electrodynamic forces to explain surface interaction and
holds that the dielectric properties of films can be made
to interact with the electrodynamic field to reduce the
interaction between surfaces. In general, the critical di-
electric properties of the Vac Kote thin film lubricant
between surfaces are employed to alter the electrody-
namic field and thus shield one surface from another.
This shielding is known to prevent the type of compo-
nent surface destruction commonly referred to as “cold
welding.”

In practice, BBRC employs several conventional
models, used in lubrication technology to determine sur-
face finish, lubrication load carrying characteristics, and
heat transfer characteristics, as a part of the complete
solution. These models are presented in several lubrication
handbooks. This paper presents only the unique model
used at BBRC to determine the additional properties of
lubricants required for high-vacuum applications.

Wear is the deterioration and/or failure of interacting
objects in use. Wear and friction are generally concur-
rent, but are not necessarily related in the sense of being
simply proportional to one another. The major causes of
wear are:

(1) Corrosive destruction (electrolytic and/or chemical).

(2) Mechanical destruction (galling, spalling, scoring,
scuffing, seizing, abrasion, erosion, fretting, melt-
ing, plowing, cracking, etc.).

Mechanical wear occurs in solids but not generally in
fluids. Mechanically generated wear is fundamentally a
plastic flow on the surface of a solid. It is also a fatigue
and fracture problem that occurs both in the body and
on the surface of a solid. The relative motion of a dy-
namic system induces energy in the solids. This energy
cannot be simply dissipated as it is in fluids. Instead, it
must be dissipated throughout the inhomogeneous crys-
talline structure of the solid. Propagation of this energy
results in plastic flow and/or nucleates cracks and propa-
gates these cracks at stress levels far below their static
fracture strength. Basically, this is the result of the effects
of dislocations in the crystalline structure of the surface
material, their generation, propagation, energy storage,
and general accumulation. Dislocations are irregularities
in the crystalline structure of materials. Their existence
has been demonstrated and is the consequence of an
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assembly of atoms or molecules in a quasi-static geomet-
ric array (the condition of atoms and molecules in stable
solids). Wear is related to the energy pumped into the
system minus the heat generated. If all the energy dissi-
pated in the system appears as heat, wear is small. This
energy input and resulting wear and heat can be reduced
by lowering the interaction between surfaces. Friction is
a resisting force that is displayed when relative motion
is imposed upon a system, and, as a resistance force, fric-
tion acts to oppose the relative motion.

Surfaces of matter show many phenomena. One is the
ability to interact with another surface and display a
“friction force.” Surfaces are not strictly the two-
dimensional region that bounds a solid (or liquid). This
anisotropy of the surface occurs in the material crystal-
line structure and energy distribution. This external fric-
tion of solids can be a combination of a number of factors
that contribute to the resistance of motion between their
interacting surfaces.

Some of the factors known to contribute to this
surface-to-surface “friction” are:

(1) Interlocking of surface irregularities.

(2) Electrical fields.

(3) Anelasticity.

(4) Adhesion (solid-to-solid adsorption, “cold welding”).

Plastic and/or elastic deformation allows interacting
surfaces to get together intimately at “spots.” These spots
are solid-to-solid adsorption or adhesion and are as
strong as the yield strength of the base materials. Static
adhesion sometimes appears to drop almost to zero when
the load is removed because the accumulated elastic
stresses under the spot are released and break these
junctions or spots. Shearing of these adherent spots con-
sumes energy and sometimes causes destruction of the
interface. It is now generally accepted that this solid-to-
solid adsorption, adhesion, or cold welding, as it is often
called, is one of the main sources of destructive action
between surfaces.

All physical phenomena display four basic physical
forces:

(1) Strong forces in the nucleus.
(2) Weak forces in the nucleus.
(3) Gravity.

(4) Electromagnetic forces.
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The forces of greatest concern in technological prob-
lems are electromagnetic. As a matter of fact, all the
ordinary chemical, mechanical, and biological effects are
due to the interaction of electric charges and the fields
they produce. These electromagnetic forces include
atomic, molecular, and intermolecular binding forces.
These forces, which emanate from the surface of solids
to cause interaction, are identified by the general term
“friction.”

Electromagnetic forces appear in many guises. The
charge is quantized into (+) or (—). The force can be
attractive or repulsive and is velocity-dependent, chang-
ing from electrostatic to electromagnetic, depending on
the relative velocity of source and observer. The agent
of this force is the photon. If two bodies are “separated”
by a vacuum, electromagnetic forces are the only inter-
action. between them. If the gap is occupied by some
other medium, there is the possibility of a nonelectro-
magnetic interaction, such as that caused by sound oscil-
lation in the medium.

An electromagnetic field can be modified by adding a
dielectric material between the surfaces of interest. For
example, two charges, +e and —e, separated by a dis-
tance r in vacuum, will interact with a force e2/r2. If,
however, there is some medium between the two charges,
then the interaction force is decreased and becomes
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e2/er?, where ¢ is the dielectric permeability (generally
greater than 1).

Thus, the dielectric properties of the medium reduce
electromagnetic interaction and act as a “shield” for the
electric field (photons). Dielectric permeability is a mea-
sure of the medium’s interaction with the electric field
or photons.

If the interaction between solids is caused by the elec-
tromagnetic field (photons), then it seems reasonable to
use the dielectric properties of a separate layer or film
to reduce interaction between surfaces. There is a formal
relation between the dielectric permeability ¢, the index
of refraction 5, and the absorption coefficient k, as shown
in the following equation:

& = en) +  desn)
complex real imaginary
dielectric  part part
constant

= [ + k)]
index of  absorption

refraction coefficient

This relationship is an expression of the theoretical
model for determining the “shielding” properties of ma-
terials for use in lubricants.

The index of refraction n and the absorption coeffi-
cient k are both measures (albeit of different kinds) of
the interaction of a medium with electromagnetic waves
(photons). The index 5 alters the velocity of propagation,
and k alters the intensity of the electromagnetic wave.
Both are a result of the interaction of electromagnetic
waves (photons) with the electron clouds present in the
medium.

In general, the main microscopic property of bodies
that determines the strength of electromagnetic interac-
tion is the imaginary part of the dielectric constant. Thus,
the main frequency of the electromagnetic interaction
(photons) between objects is best determined by their
absorption spectra. Figure 1 shows the absorption spec-
tra for some metals. The frequencies of the electromag-
netic field (or photons) that cause the interaction start
at 10*5 Hz; therefore, this is the frequency in which we
are interested in the dielectric properties of films. The
film on slip rings and similar equipment must be thin,
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< <100 A thick, because of the need for electrical con-
tinuity. In thick films, dielectric permeability at other
frequencies is of interest for such uses as ball bearings.

Figure 2 shows roughly the pattern of frequency de-
pendence of dielectric permeability and losses. To reduce
the electromagnetic interaction between metals, the
electromagnetic field must be reduced by using films
with maximum absorption and/or maximum anomalous
dispersion and resonant absorption in the regions of
interest.

Through the use of characteristic patterns, similar to
Figs. 1 and 2, a lubricant is selected for use between
interacting surfaces to alter the electromagnetic field.

IV. Applications and Results
A. The OSO Satellite

BBRC'’s Vac Kote lubrication system was developed in
support of the Orbiting Solar Observatory (OSO) pro-
gram. The first use of this lubrication system was in 1959
to lubricate a biaxial drive system on the spinning OSO.
With the launch of OSO-I in 1962, Vac Kote became the
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first space-demonstrated, long-life lubrication system for
moving metal-to-metal surfaces.

The accumulated total OSO satellite operation time in
orbit, without measurable deterioration of the electrical
and mechanical interfaces, now stands at 56 months.
0OSO-1 was launched on March 7, 1962, and, when last
interrogated after 24 months in orbit, showed no measur-
able deterioration of control and drive systems. Drive
systems in OSO-II, launched Feb. 3, 1965, were perform-
ing equally well when the spacecraft was powered down
after 9 months of continuous operation in orbit. This
satellite was reactivated on March 3, 1966 (after 4 months
of orbiting totally inactive). The control, drive, and data
transmission systems operated normally. In May 1966,
OSO-II drive systems were again called upon and oper-
ated within normal limits after 16 months in space. The
drives of OSO-I1I, launched in March 1967, and OSO-IV,
launched in October 1967, are continuing to function
entirely within specifications.

B. Componenis Lubricated

Over 300 component operating years in vacuum have
demonstrated that Vac Kote provides a reliable, long-life
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lubrication system for bearings, dc torque motors, slip
rings, gears and sliding devices in the space environment.
This operating time figure includes OSO orbit operating
time and tests in vacuum at BBRC. It does not include
the ground test and checkout time accumulated for hard-
ware processed by BBRC for other program contractors.
Further, the use of Vac Kote permits conventional open
configurations instead of complex seals, resulting in sav-
ings in weight and higher reliability. The design life goal
of systems which depend on such components is up to
5 years in space. There have been no reported failures of
Vac Kote-lubricated flight-qualified hardware to date.

Both radial and thrust ball bearings have been used
in most BBRC space applications that require rotating
hardware. Sizes of Vac Kote-processed bearings range
from 12-in-OD thin-wall bearings to 0.25-in-OD pre-
cision instrument bearings. Significant bearing perfor-
mance data for both oscillatory and rotating motions in
space have resulted from the OSO program. All OSO
bearings have functioned without apparent increase. in
torque from satellite launch to subsequent shutdown.
Any degradation due to increased bearing torque would
have been detected by an increase in power consumption
by the control system.

BBRC has conducted considerable motor and slip ring
lubrication study, analysis, and investigation in vacuum,
sponsored by NASA, industry, and BBRC, These studies
include current density, contact construction, and
interface-radiated noise, commutator/slip ring/brush ma-
terial evaluation, slip-stick wear phenomena, plasma-
generated emf, and high-current phenomena. The Vac
Kote lubrication system has been an important factor in
the success of drive systems in space to despin payloads
and orient antennas, and in attitude-pointing subsystems.

Vac Kote-processed dec torque motors, slip rings, bear-
ings, and gears have been used in the following aero-
space programs and applications:

(1) OSO-I, OSO-II, OSO-III, and OSO-IV (solar ar-
ray despin mechanism and elevation axis: dc
torque motors, slip rings, and bearings, as well as
bearings and moving parts of experimental pay-
loads).

(2) ATS-II, ATS-IV (mechanical antenna despin as-
sembly, camera bearings, and gears).

(3) OGO (experiment payload bearings).
(4) LES (experiment payload bearings and slip rings).
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(8) Apollo Applications Program (experiment pay-
load bearings and gears).

(6) ITS-IIT (mechanical antenna despin assembly:
bearings).

(7) IDCSP/A, United Kingdom satellite (antenna de-
spin assembly: bearings).

(8) AF-191 (mechanical antenna despin assembly: dc
torque motor, slip rings, and bearings).

(9) Classified military reconnaissance (solar array
drive: dc torque motors, slip rings, and bearings).

(10) Sounding rockets (despin mechanism and experi-
ment pointing mechanism: bearings and gears).

(11) OAO (star tracker: dc torque motors, bearings,
tachometers, sun slide mechanisms, and miscel-
laneous sliding parts).

(12) LIDOS (solar array drive: dc motor, bearings,
and slip rings).

C. DC Torque Motors

Much of the motor lubrication research and testing
activities at BBRC has been directed toward the
dc torque motor. This device is ideally suited for space
application because of its high torque-to-inertia ratio,
light weight, and direct drive (no gearing). Both OSO
orientation axes (azimuth and elevation) use dc torque
motors. In addition, all rotating components tested at
BBRC have been driven in vacuum by dc torque motors.
As a result, considerable test data are available on these
torque motors; more than 500 X 10° component hours
and 200 X 10° component revolutions have accumulated
in vacuum operation to date. After 4,800 hr (17.3 X 10°
revolutions) operation in vacuum of 10~ torr, these mo-
tors showed no signs of wear (see Fig. 3).

The brushes, as shown in Fig. 4, are barely “broken in.”
The vertical lines on the brush surface are the original
surface tooling marks.

D. Slip Rings

BBRC has also conducted more than 6 years of re-
search and testing in the field of lubrication of slip rings
for space application. The slip ring lubrication problem
is particularly difficult because of varied and stringent
electrical and mechanical requirements. Several BBRC
slip ring lubrication systems designed for 5-year space
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Fig. 3. Yac Kote-treated 1.8-ft-1b torque motor for O30 satellite after 4800 h operation in vacuum of 10-° terr
(17.3 X 190° revolutions)

Fig. 4. Closeup of brushes

life have recently been incorporated into satellites. Fig-
ures 5 and 6 illustrate typical Vac Kote-treated slip ring
brush performance obtained at BBRC.
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Total life requirement of this test was 500 h at 10-®
torr. The light area on the brushes indicates a lubricant-
brush-metal slurry which prevents brush-ring wear while
providing electrical contact. Part of this slurry may re-
main on the ring when the brushes are removed.

E. Ball Bearings

Radial and thrust ball bearings have been used in most
BBRC space applications requiring rotating hardware.
Sizes of bearings that have been Vac Kote-processed
range between 12-in.-OD thin-wall bearings and 0.25-in.-
OD precision instrument bearings. To date, Vac Kote-
processed bearings have recorded more than 1.9 X 10°
component hours and 7.7 X 10° component revolutions
of operation in vacuum. Figure 7 shows Vac Kote-treated
balls after 8 months of vacuum testing, and Fig. 8 shows
a Vac Kote-treated race after 8 months of vacuum testing.
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Fig. 5. Vac Kote-processed slip ring brushes
before vacuum life test

Fig. 7. Vac Kote-processed balls after test

Fig 6. The same brushes as in Fig. 5,
after test

The balls, loosely placed in the bore of the disassem-
bled bearing, are free of blemishes or scratches. No
indication of wear or degradation is observed. The rec-
tangular mark on each ball is the camera reflected in the
mirror-like surface.

The bearing race illustrates:

(1) Glossy reflection from undisturbed groove surface.
(2) Camera reflection.

(3) No evidence of degradation of ball track.

(4) Shadow on groove surface.

V. Summary of Flight Performance and
Laboratory Test Data

A summary of significant Vac Kote lubrication tests
and applications is shown in Table 1. Fig. 8. Vac Kote-processed bearing races afier test
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Table 1. Vac Kote flight performance and laboratory test data summary®

Component
Vacuum
Component Program Application exposure® Operating fime, Operation,
duration, mo Number 10°h 10° revolutions
Torque motors 0s0O 1 (816) Solar array despin 24.0 2¢ 10.2 6.1
OSsO 11 (817) 16.0 2°¢ 13.1 8.0
0so 11 l 12,0 2° 17.5 10.5
0s0 Iv 45" 2° 6.6 4.0
0.1 6 0.3 0.3
OAQ Star tracker 3.5 100 20.0 3.0
0.8 4 0.8 20
Classified 4 11.6
Classified Despin mechanism 3.0 1
OAQ (backup) Star tracker 3.0 16 411.0 55.5
Development and
qualification Despin mechanisms 12.0 80
0SO second
source Solar array despin 6.0 [ 28.5 47.0
IDCSPA/UK Antenna despin 0.1 2 0.1 0.3
AF 191 Antenna despin 0.1 [ 0.4 0.6
Classified Solar array despin 0.1 16 1.0 1.5
Total 249 509.5 150.4
Slip ring 0OSO 1 (S16) Signal, instrumentation, and power 240 1 5.1 6.1
assemblies 030 1i (517) 16.0 1 6.5 8.0
0so 1l 12.0° 1 8.8 10.5
0SO Iv 4.5° 1 3.3 40
LIDOS 4.0 1 2.8 0.3
Classified 4.0 1 3.0 5.0
4.0 1 3.0 5.0
3.0 1
6.0 4 75.0 310
OSO Development 6.0 25
LES 1 0.1
Development 2 0.2
0OS0 second
source 6.0 -3 26.5 47.0
AF 19 0.1 5 0.4 0.7
Classified A\ 0.1 3 0.2 0.3
Total 54 134.6 118.2
Bearings 0OS0 1 (516) Despin mechanism 24.0 4° 20.4 12.2
0OS0O 11 (517) 16.0 4° 262 16.0
osom 12.0? 4° 35.0 21.0
0sO v 4.58 4° 132 8.0
0OSO qualification 8.0 44 158.4 312.6
2.0 12 2.4 23
OAO Star tracker 4.0 12 30.6 0.8
ATS Camera and despin mechanism 11.0 22 167 100.2
LIDOS Despin mechanism 3.8 1 2.8 0.3
(1 Despin mechanism 0.1 275 13.7 24.7
aSignificant tests to March 1, 1968.
bMaximum continuous time of one or more components.
¢One motor despins solar array. One motor oscillates elevation control. In this table, revolutions are for 1 motor and 2 bearings on the despin drive. Oscilla-
tory motions of elevation assembly components are not included.
4080 HI and OSO 1V are still operating in space.
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Table 1. (contd)

Component
Vacuum
Component Program Application expfnure" Operating time, Operation,
duration, mo Number 10°h 10° revolutions
OAC Star tracker 8.0 230
Development Despin mechanism 8.0 622 1504.0 80.0
QSO second
source 6,0 12 53.0 940
IDCSPA/UK 0.1 9 0.1 3.0
AF 191 0.1 28 1.6 3.2
Classified 0.1 42 2.2 1.1
Total 1325 1880.3 679.4
Linkages OAO = Star tracker 3.5 30 2.5 >1000 cycles
Solenoids OAO Star tracker 3.5 3 50 >1000 cycles
Potentiomet Development Antenna positioning 2 3 8 X 10" cycles
Gears ATS Camera and instrumentation 140
Development Instrumentation 4 12 21.4 12.6 X 10° rev.
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Panel Discussion

Bearings and Suspensions in Space



OVERLEAF: Members of the panel were, left to right,
William ]. Kurzeka, Atomics International Division of
North American Rockwell Corporation; H. 1. Silversher,
Lockheed Missiles & Space Company; William J.
Schimandle, Jet Propulsion Laboratory, moderator;
D. L. Kirkpatrick, General Electric Company; and
George G. Herzl, Lockheed Missiles & Space Company
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N69 11810

Evaluation of Dry Lubricants and Bearings for

Spacecraft Applications

D. L. Kirkpatrick and W. C. Young
General Electric Company
Yalley Forge Space Technology Center
King of Prussia, Pennsylvania

Instrument-size ball bearings lubricated with bonded dry films or transfer films
have been successfully operated for 130 million revolutions during a 9000-h
vacuum test at 10-° torr. This test simulated conditions anticipated in unsealed
mechanisms of an interplanetary spacecraft. The conditions included prolonged
idle periods, as well as extended periods of continuous rotation, with reversals,
while the bearings were exposed to hard vacuum. The performance of several
bearing-lubricant combinations surpassed that required to complete the projected
spacecraft mission. Extensive quality control in the preparation of the bearing-
lubricant combinations was necessary to attain the lifetimes achieved. This paper
describes the unique test procedures and techniques developed and the test results,
which include some new insights into the behavior of transfer film lubricants.

l. Introduction

During preliminary design studies of an interplanetary
spacecraft, it became apparent that severe mechanism
lubrication problems would have to be overcome to en-
sure mission success. These included long-term (up to
2 years) exposure of the mechanisms to hard vacuum and
intermittent operation interspersed with protracted static
dwell periods. Low outgassing would be required both
to conserve lubricant during the 2-year mission life and to
minimize contamination of optical and thermal control
surfaces on the spacecraft. Anticipated temperatures
ranged from possible prelaunch thermal sterilization at
250°F (minimum) to extended subzero conditions during
interplanetary cruise and subsequent orbital operations.
In addition, low and uniform bearing frictional torque
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would be needed to minimize mechanism design weight
and power consumption and to ensure reliable operation.

These requirements were judged too severe for the
liquid lubricants used on a majority of earlier space ve-
hicles, unless all mechanisms were provided with her-
metic sealing and active thermal control. In hope of
avoiding the penalties of increased mechanism weight,
complexity, and power consumption which these mea-
sures would entail, attention was turned to the possibility
of using dry (solid) lubricants. These lubricants generally
exhibit extremely low vapor pressure, their lubrication
mechanisms are essentially independent of ambient pres-
sure, and they are only slightly affected by temperatures
within the range of interest. In addition, operating life is
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predictable since it is primarily a function of the number
of operating cycles, rather than time. Because of these
desirable properties, the suitability of a group of com-
mercially available dry lubricants was studied.

A detailed literature search identified several poten-
tially suitable lubricants, but the use of conditions and
measurement techniques from which the available data
derived had varied widely. In addition, performance of a
given lubricant sometimes varied significantly in the dif-
ferent applications or tests reported. Besides the vari-
ability of use conditions and batch-to-batch variations in
the lubricant and substrate, handling and quality control
differences were suspected of having a significant effect
on previously observed performance. These factors com-
bined to make uniform comparison and determination of
relative life expectancy extremely difficult. Therefore,
this test program was established to provide comparable
performance evaluation of several of the most promising
dry lubricants operating under conditions closely simu-
lating those expected in the planetary exploration space-
craft being studied.

The lubricants selected for evaluation are described in
Table 1. They fall into two major categories: (1) lubri-
cants bonded or plated onto the surfaces to be lubricated,
and (2) lubricants transferred to the balls and races from
the retainer surface bearing operation.

Table 1. Lubricants selected for evaluation

Il. Lubricant Analysis Techniques

To ensure future repeatability and usefulness of the
lubricant performance data obtained in this test
program, techniques for determination of lubricant
constituency and uniformity were evaluated. X-ray,
emission-spectrographic, electron-probe, and electron
and optical microscopic techniques were investigated to
determine their usefulness in the quantitative and quali-
tative evaluation of these lubricants. Such investigations
identified areas of usefulness of several techniques. These
analytic techniques were supplemented with conven-
tional sliding friction tests in air to determine adhesion
and wear resistance of the bonded and plated lubricant
films. Results of these tests are shown in Table 2.

Table 2. Sliding wear test results in air using the Alpha
Model LFW-1 sliding friction and wear test machine®

Lifetime®, h
Lubricant

Range® Average
A 11 to 17 13
B 27 to 35 31
Cc 13 to 228 77
D 14 to 38 18
E 26 to 104 78
F 0.06 to 0.08 0.07

Code Description

Group 1: Bonded or plated lubricants

A Molybdenum disulfide and graphite bonded with sodium
silicate

B Molybdenum disulfide and antimony trioxide bonded with
polyimide resin

C Molybdenum disulfide diffused into a soft, multilayered,
plated metallic film

D Molybdenum disulfide applied by an electrophoretic process

E Molybdenum disulfide applied by an in sitv process

F Tungsten disulfide (modified) applied by a diffusion process

G Electroplated silver

aFunctional diagrammatic view of the Alpha Model LFW-1 machine is shown
below. Friction force sensed by the load cell is shown on the load indicator.

-——————— MAXIMUM
LOAD 630 |b

FRICTION
LOAD
INDICATOR .

TEST BLOCK
CYLINDRICALLY
SEATED FOR
UNIFORM LOAD
TEST DISTRIBUTION
RING OVER ENTIRE
LINE CONTACT
FRICTION FORCE AT AREA
LINE OF CONTACT
DIRECTLY TRANSMITTED
TO LOAD PICKUP

FRICTION LOAD PICKUP

Group 2: Transfer film lubricants

Radial load: 630 Ib
Peak Hertz stress: 110 kpsi
Rotational speed: 72 rpm

X TFE and molybdenum disulfide, reinforced with glass fibers
Y TFE reinforced with ceramic filler
4 TFE coating on metallic retainer

Ambient conditions: 70°F, 1 atm, 60% RH
bTests were ended when coefficient of friction exceeded 0.1.

cFour samples of each lubricant were tested, two from each of two different
baiches.
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X-ray emission techniques have been useful in deter-
mining the distribution of molybdenum disulfide by
determining the quantity and distribution of sulfur in
several of the lubricant coatings. X-ray diffraction tech-
niques have proved relatively ineffective in the deter-
mination of the uniformity of lubricant film constituency
and consistency, because of the amorphous character of
some lubricants and the multilayered nature of others.
Emission spectrographic analysis has given useful data
for batch constituency determination, but has not proved
well-suited to bearing parts.

The electron probe has also shown itself to be an effec-
tive tool in quantitative and qualitative determination of
the composition and uniformity of solid lubricant coat-
ings. Photographs of each lubricant constituent have
been made from the characteristic X-ray spectra gener-
ated by scanning the sectioned lubricant sample with a
focused high-energy electron beam. This technique has
been particularly effective in the examination of multi-
layered lubricants such as the Code C material.

Electron and optical microscopy were both used in the
examination of lubricant coatings. Because of the ex-
tremely high magnification (10,000X) of the electron
microscope, slight compositional variations in good coat-
ings have widely different appearances and may give
the impression of extreme nonuniformity. Fortunately, the
ultramicroscopic nonhomogeneity indicated in observed
specimens does not necessarily preclude acceptable lu-
bricant performance.

Optical microscopy (400X) proved to be extremely
useful in the examination of lubricant coating character-
istics. This technique has obvious value for the nonde-
structive inspection of lubricant coatings to determine
surface uniformity and to detect inclusions, porosity, and
voids. In addition, it is possible to observe the uniformity
and apparent adhesion of fluorocarbon transfer films.

In the inspection of the inner ring of a Code Y bearing,
which had previously been run-in in air and disassembled
for inspection, evidence was found that significant quan-
tities of gases were entrained within the film. The micro-
scope used had a small vacuum chamber with optical
ports surrounding its specimen stage. The lubricant was
first examined at atmospheric pressure and room tem-
perature. It had a whitish, translucent, gelatinous appear-
ance. The specimen chamber was then evacuated in
preparation for examining the surface with the electron
probe. As the pressure was reduced to the 10-° torr level
in 3 min, it was noted that the transfer film coating on
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the bearing race surface began to craze and flex, al-
though the part was not being subjected to thermal or
mechanical disturbances. As the crazing process contin-
ued, the coating lifted from contact with the race in
several areas and ultimately attained a somewhat shriv-
eled appearance.

Observation of this phenomenon led to the conclusion
that the transfer film, which had been established on the
bearing during run-in in air, contained a quantity of en-
trained gases and/or moisture which were desorbed in
vacuum causing mechanical damage to the film. This
observation may indicate a method for attaining a higher
degree of reliability in transfer film-lubricated bearings.
It is likely that an initial transfer film of greater mechani-
cal integrity, which would not be subject to vacuum-
shock deterioration, could be established through initial
run-in of the bearing in vacuum.

lll. Test Bearing Preparation

For vacuum performance testing of the selected lubri-
cants, the R-4 instrument bearing was chosen as the
standard test specimen. Bearing rings and balls were
made of AISI 440C steel; the retainer type and material
depended on the lubricant used. The Code X and Y
bearings (see Table 1) had one-piece retainers machined
from the lubricating material. All other bearings had
two-piece stainless steel ribbon retainers. The Code Z bear-
ing lubricant was bonded to the retainers only. The other
lubricants were applied to the races and the retainers.

By means of a thorough visual inspection of the lubri-
cated parts with a 40X microscope, we eliminated all
parts that had incomplete coverage, nonuniformity of
surface texture, and apparent inclusions on some parts.

The accepted parts were returned to the bearing ven-
dor for assembly. Balls were selected to achieve a radial
clearance of 0.0008 to 0.0011 in. in each bearing. This rela-
tively large clearance was specified to lessen the danger
of bearings being jammed by lubricant wear debris.

Visual inspection of the assembled bearings revealed
several defects which could have caused failures if they
had not been corrected. On two of the ribbon retainers,
a holding tab had not been crimped; consequently, it
scraped against the outer race during rotation. Also, on
several of the Code X and Y bearings, the retainers were
not completely deburred. Either of these conditions could
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Table 3. Running torque® after run-in of dry-lubricated R-4 bearings

Torque, 10° mg-mm
Number of
Lubricant samples Torque for entire
Avg torque, range Peak torque, range sample, avg Peak torque, avg
A 5 8 to 14 26t0o 36 1 32
B 12 251 11 10 to 42 6 23
C 5 8 to 16 28 to 48 1 37
D 6 to 15 20 to 80 10 44
E 10 to 30 38to 50 16 45
F 10 3 1o 16 11 to 50 9 30
G 5 65t0 35 25 to 125 17 66
X 10 3 to 13 8 to 25 6.3 19
Y 10 2 to 4 7 to 15 3.2 12
z 10 6 to 14 25t 44 8.4 34
None® 1.5t0 2 5 to 25 1.8 10
Grease® 50 to 200 80 to 200 144 150

NOTE: Dry- and grease-lubricated bearings shown for comparison only, not run or tested further.

aMethod: MIL-STD 206, 400-g axial load, 0.5 rpm.

bSteel ribbon retainer, no lubricant.

cGE G-300 silicone grease, phenolic retainer, 25% fill.

have resulted in a jammed bearing through generation of
excessive debris in operation.

Prior to subsequent testing, all bearings were run-in
in a uniform cycle to ensure a smooth ball track in the
case of the bonded or plated lubricants and to ensure
that a transfer film had been established on the ball and
race surfaces in the case of the transfer lubricants. Each
bearing was then tested on a MIL Standard 206 torque
tester to determine its running torque. The results of
these tests, summarized in Table 3, were used both to
determine the range of torque levels which might be
expected from dry-lubricated bearings with various lubri-
cant types and to provide screening data for the subse-
quent selection of bearings for vacuum testing.

IV. Vacuum Test Fixture Design

A vacuum test fixture was designed for endurance
testing of bearings under combined radial and axial
loads. There are six identical test shafts in the fixture; a
diagram of one test shaft is shown in Fig. 1. On each
shaft there are two pairs of test bearings, H and L. These
are loaded radially, by rotationally balanced cylindrical
weights, and axially, by calibrated compression springs
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concentric with the shaft. The H pair of test bearings
supports a 3-lb weight, while the L pair supports a
1.5-Ib weight. The axial loading is 1.0 Ib on the H pair
of bearings and 0.75 1b on the L pair.

During test operation, as the motor rotates the shalft,
a separate torque transducer arm balances the bearing
friction torque on each weight. A strain-gage bridge
bonded to the arm provides an electrical output propor-
tional to the resulting deflection of the arm and, there-
fore, proportional to the running torque of the bearing
pair. A pair of test bearings fails, by definition, when
its torque exceeds 300,000 mg-mm (30 gm-cm). As this
torque is reached, the two pins on the weight that con-
tact the flexure arm rotate to a position where they slip
free of the end of the arm. As this occurs, the flexure arm
is attracted by one of two magnets on the frame which
pulls the arm 0.010 in. clear of the pins, permitting the
failed bearing load weight to rotate freely with the shaft.
This unique arrangement permits continued operation of
either test bearing pair if the other fails,

Other instrumentation includes thermocouples to moni- -

tor the operating temperatures of the support bearings
and the rear bearing of each motor. A rotation-sensing
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Fig. 1. Typical shaft of bearing test fixture

reed switch is provided for each shaft; a magnet rotating
with the shaft actuates the switch once each revolution.
Electrical impulse counters outside the vacuum chamber
count the revolutions of each shaft. Vibration transducers
are applied at three points on the end of the test fixture
opposite the motors and are monitored during vacuum
testing.

Particular care was taken in designing the fixture to
minimize or eliminate potential sources of outgassing in
hard vacuum. Materials selection was particularly impor-
tant. Polyimide or TFE insulation was used wherever
uncoated woven glass fiber could not be employed. Strain
gages were bonded with a sprayed ceramic material
(AL,O;); a limited amount of special epoxy was used to
bond the vibration pickups and ceramic terminal strips.

3rd AEROSPACE MECHANISMS SYMPOSIUM

Most shaft support bearings had the same lubricant as
the test bearings on that shaft. The remaining support
bearings and all motor bearings are provided with
Code X lubricant.

V. Vacuum System

The two vacuum systems used are each equipped with
a 500-liter/s ion pump and a 5000-liter/s titanium sub-
limation pump. Each chamber is equipped with a mass
spectrometer monopole detector for use in partial-
pressure gas analysis within the chamber during opera-
tion. A trigger ion gage reading to 1 X 10 torr is used
to monitor chamber pressure. The systems are capable
of pumping to and holding approximately 1 X 10-'* torr
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(if the test fixtures are not operating). Both vacuum sys-
tems were purchased new for this test. Therefore, there
was no danger of residual contamination from earlier
test operations. To produce a hard vacuum in this type
of vacuum system, it is first necessary to drive out mois-
ture, entrapped or adhered gases, and organic contami-
nants from the test fixture and the internal surfaces of
the chamber. To accomplish this, each vacuum chamber
is equipped with an electrically heated bakeout mantel
capable of raising the temperature within the chamber to
750°F. In these tests, a temperature limit of 375°F was
established to prevent damage to the soft-soldered elec-
trical connections and the bonding epoxies used in the
test equipment. One six-shaft bearing test fixture was
installed in each vacuum system.

After a 24-h bakeout at 375°F, each system was
pumped to 10-'! torr, and test operations were begun.
An initial increase in chamber pressure of about three
decades was seen when all bearing drive motors were
started. After a few hours of operation, chamber pres-

sure decreased to the 10-° torr range and remained in
this region throughout subsequent tests. The second
chamber has frequently been at approximately 5 X 10-2
torr, although during periods of continued operations the
pressure normally rises into the 10-° torr range. The pres-
sure rise during operation can be attributed to two prin-
cipal causes:

(1) The major source of outgassing (determined by
partial pressure analysis of the chamber contents)
is the internal gases from the lubricating materials.
In bearing operation, continual exposure of fresh
molecular surfaces permits evolution of these en-
trained or adsorbed gases. Evidence of free fluorine
has also been observed, indicating a breakdown of
the CF bond in the fluorocarbon lubricating com-
pounds. This probably results from localized gen-
eration of temperatures in excess of 350°F (the
lowest CF dissociation temperature) in the operat-
ing bearings.

LUBRICANT
CODE
L
A H
5 L rrrrrrsz,
H SUPPORT BEARING FAILURE
c L LOAD, Ib
H PER BEARING
D v RADIAL | AXIAL
SN VI7777772722727770727277272722277777277222722727272772772727
7 .75
L APPARENT MOTOR OR SUPPORT BEARING FAILURE L 0.75 0
D H [/ H 1.5 1.0
W V777777222227 20272220020 P22l
E H /7
F : : I STILL OPERATING
G W VPP 7777 7722777220227 4 /7777 FAILED,
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« L
H
X L ;
W FP7P7272 7227277220202 22227777 777772770777 2227202274
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Fig. 2. Vacvum endurance life of dry-lubricated bearings (R4 pairs)
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(2) The second source of outgassing is the polyimide
insulation in the motors, which reached tempera-
tures in excess of 200°F in normal operation.

VI. Vacuum Testing: Procedure and Results

Bearing vacuum testing was divided into four phases.
The phases included: (A) checkout, (B) space mission
simulation, (C) effects of dwell determination, and
(D) long-term life testing. Forty-eight bearings — twelve
pairs of test bearings, six pairs of support bearings, and
six pairs of motor bearings — were operating in each fix-
ture at the beginning of the tests. The cycles attained by
the test bearings are shown in Fig. 2; apparent failures
of the remaining bearings are also noted.

When operating, all shafts rotated at speeds between
480 and 500 rpm. Bearings were rotated for equal periods
clockwise (CW) and counterclockwise (CCW), except in
Phase C. Frequency of reversal is noted in the descrip-
tion of each phase, as follows:

A. Phase A

Phase A included a 2-h checkout in air, followed by a
375°F bakeout for 24 h. After pumpdown to 10-° torr,
there was a 48-h run, with reversal every 2 h, for a total
of 1.5 X 10° total revolutions. All instrumentation and
test bearing operation was checked out and carefully
monitored during Phase A; several failures occurred dur-
ing this period.

B. Phase B

Phase B consisted of 2 h of 4-min run, 2-min dwell,
with reversal after each dwell, for 0.1 X 10¢ additional
revolutions, Phase B was designed to simulate ten times
the total operating cycles in vacuum of R-4 bearings
in the motor or gear train of a hypothetical antenna actu-
ator. Although the vacuum exposure of a 2-year space
mission was not approached, the total wear of the lubri-
cant was simulated.

€. Phase €

Phase C determined the effects of dwell in vacuum on
torque. Dwell durations of 1, 6, 24, 48, and 72 h were
employed. Starting and running torque were measured
after each of three dwells of each duration. There were
0.1 X 10° additional revolutions.
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In Phase C, some of the transfer film lubricants exhib-
ited increased starting torque after periods of dwell,
while their running torque level, measured a few seconds
after start-up, was not noticeably affected by dwell
duration.

As shown in Fig. 3, starting torque of the Code Y(L)
bearing pair rose fairly linearly from approximately
10,000 mg-mm for 0 to 1 h dwell to 30,000 mg-mm after
72 h dwell. However, after a few seconds of operation,
the running torque decreased and stabilized around
10,000 mg-mm, regardless of prior dwell duration. The

50 | I ] I
TORQUE RANGE

.,o V) s _

""" 5 RUNNING

L L BL L L L LA L LALLLL LY L L LS LY L r LAY LS L L

20

a0 I
CODE Y(L)

: Yo, /é/ //
Ll //é Y.

Rl e i 5 10 70 Ve e

iy

TORQUE, 10° mg~mm

50 I

w ,/////////
i

0 10 20 30 40 50 60 70 80
DWELL TIME, h

Fig. 3. Effects of dwell on bearing torque
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Code Z bearings exhibited a somewhat more pronounced
increase in starting torque after dwell. It may be signifi-
cant that their average starting torque, after even the
short duration dwells, was somewhat higher than their
average running torque.

If the increase in starting torque with increased dwell
duration is attributed to embedment of the bearing balls
into the lubricant film under load, this would be ex-
pected. The Code Y lubricant, with its glass fiber rein-
forcement, should have a higher bulk modulus, and
hence a higher resistance to indentation, than the Code Z,
which is essentially pure TFE.

In contrast to the behavior of the Code Y and Z bear-
ings, dwell appeared to have no significant effect on the
Code X bearings. Although both test fixtures con-
tained Code X test bearings, none of the four pairs tested
exhibited this phenomenon. In an attempt to determine
whether the Code X lubricant would exhibit this be-
havior after dwells of longer duration, further tests were
made (at approximately 45 X 10° revolutions in Phase D).
Ultimately, a 10% increase over the starting torque mea-
sured after an 80-h dwell was measured after a 240-h
dwell. On the basis of the available data, it is not pos-
sible to determine whether the Code X lubricant is more
resistant to the embedment phenomenon (if this in fact
causes this behavior) or whether the MoS, present in the
Code X lubricant helps to nullify this effect.

D. Phase D

Phase D consists of a sequence of 50 h CW rotation,
50 h CCW rotation, and 68 h dwell, to be repeated until
failure occurs, with 3 X 10° additional revolutions
each week.

Phase D testing is being continued, to establish rela-
tive “life” or cycle capabilities of the lubricants and bear-
ings still operating successfully. Vacuum testing of the
second fixture was begun approximately 2 months after
the first test series was begun; this is the reason some
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of the bearings still operating have completed fewer
revolutions than others. (The Code X bearings in the
second test had previously been run for an additional
8 X 10° revolutions in vacuum in an initial facilities
checkout.)

VIii. Conclusions

Useful analytic techniques for dry-film lubricant char-
acterization and quality control have been identified or
developed. X-ray emission techniques are effective in
determining constituent distribution in nonlayered ho-
mogeneous lubricants. The electron probe technique
proved particularly effective in the analysis of multi-
layered lubricant coatings. Optical microscopy was found
to be extremely useful in the evaluation of all the coat-
ings tested.

Some lubricants have shown definite increases in start-
ing torque as a function of dwell duration. Codes Y and Z
bearings exhibited starting torques two to three times
their average running torque after 80 h dwell under load
in vacuum. While this torque increase is not excessive,
consideration should be given to this phenomenon in
applications where low excess torque is available and
intermittent operation is expected.

Improved transfer lubricant films may result from
initial run-in in vacuum. Evidence of “vacuum shock”
crazing and reduced film adhesion was seen in a transfer
film established in air at atmospheric pressure,

Performance tests have been designed and conducted
which have demonstrated the capability of some dry-film
lubricants to operate for extended periods in hard
vacuum, while other lubricants failed under the same
conditions. Two lubricants, Codes C and X, have per-
formed successfully for over 130 X 10° revolutions in
10-® torr vacuum. In a subsequent test, Codes A, D, and
X were operating smoothly after 60 X 10¢ revolutions,
also in hard vacuum.
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Development of Bearings for Nuclear Reactors in Space®

William J. Kurzeka
Atomics International
A Division of North American Rockwell Corporation
Canoga Park, California

Atomics International, under an AEC program, has developed bearings to
operate in reactor control components in a space environment at pressures from
as low as 10-** torr to as high as 10-° torr at temperature ranges from 950 to
1500°F, with a life requirement of 1 to 5 years.

Three development phases included: (1) a 1000-h sliding friction evaluation at
design temperature in ultrahigh vacuum, to screen candidate materials; (2) a
compatibility test in vacuum, at and above the design temperatures, with candi-
date materials in static contact; and (3) testing of prototype bearing assemblies
under design loads in the design environment. Test results were used to select
material combinations for reactor control drum bearings; these combinations are
tabulated for the listed SNAP systems. Information obtained was also used in
selecting material combinations for such other components as electric actuators,
position sensors, limit switches, and ground test scram mechanisms.

I. Introduction

Over the past 9 years, Atomics International has devel-
oped bearings for nuclear reactor operations in space and
has directed its efforts into areas where stringent condi-
tions are imposed and where few agencies or companies
are actively involved. These conditions are long-term op-
eration (1 to 5 years), high temperature (950 to 1500°F),
high radiation levels (10?° nvt, 10** rad), and high launch
shock and vibration loads.

*This work was performed under Contracts AT(11-1)-GEN-8
and AT(04-3)-701 for the U.S. Atomic Energy Commission.
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The bearings used in our SNAP! reactor control drum,
which is a 15- to 30-1b cylindrical segment, eccentrically
mounted between two pivot points (Fig. 1), were the
focal point of bearing development. Bearings for other
components were designed from the control drum bear-
ing data. The choice of a journal bearing in a self-
aligning ball was made early in the program, because of
the heavy launch loads, low operating speed, long dwell

Systems for Nuclear Auxiliary Power. For more information on
the SNAP reactors, see “The Development Philosophy for SNAP
Mechanisms,” by O. P. Steele III, in these Proceedings.
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Fig. 1. SNAP 8 control drum thrust bearing assembly

periods, and cost. Table 1 summarizes the results of our
bearing program.

Il. SNAP 10A and SNAP 2 Reactor Programs

The SNAP 10A, 950°F, 1l-year life bearing was our
first milestone. Friction tests, to screen material combina-
tions for 1000°F, were conducted in an oil diffusion-
pumped, 10-°-torr vacuum chamber (Ref. 1). As the ef-
fects of high vacuum on materials and the effects of dif-
fusion pump oil on bearing couples became known, we
added self-weld testing and extended our friction testing
to ion-pumped, 10-8-torr vacuum chambers (Refs. 2 and
3). Several combinations of materials looked promising,
but the material couple used was spray-coated Al,O,
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against sintered TiC. Table 1 shows the testing and oper-
ating history.

From friction tests, carbon graphite against Al,O, had
been found to be the material combination having the
lowest friction, but designing around its low expansion,
brittleness, and tricky machining properties was not de-
veloped for SNAP 10A. However, the SNAP 2 design
used carbon graphite impregnated with a lithium salt as
inserts in the self-aligning ball. The backup choice for
SNAP 2 was a solid carbon graphite ball with Al,O,-
spray-coated shaft and socket. Initially, fretting of the
carbon ball during vibration was a problem, but the use
of bonded MoS, on the socket provided damping to over-
come the fretting.

3rd AEROSPACE MECHANISMS SYMPOSIUM



Table 1. SNAP reactor control drum bearings (self-aligning ball-socket type)

Material combinations
Reactor Design conditions Status
Shaft to ball Ball to socket
SNAP 10A 950°F AlO; (spray coat)® against TiC TiC against AlO; (spray coat)® Operated after 43 days on spacecraft at
1-year life 600°F.
107% 10 107" torr Operated after 10,000 h of nuclear ground
20-g shock test at 600°F, 3.6 X 10% nvt, and 10°°
7.5-g vibration torr.
Qualification tested 5000 h at 700°F and
1078 torr.
SNAP 2 1000°F Al:O; (spray coat)” against car- TiC against Al,O; (spray coat)® Prototype tested to 1500 h at 850°F and
1-year life bon graphite impregnated) and MoS; 107 torr.
107 10 107" torr
20-g shock
7.5-g vibration
SNAP 8 1150°F AL:O; (spray coat)® against car- Carbon graphite (no impregnant)|  1000-h friction test completed at 1250°F,
12,000-h life bon graphite (no impregnant) and Mo$S; against AlO; (spray | 5000-h compatibility test completed at
10~° to 107" torr and Mo$S: coat)® 1250 to 1450°F.
35-g shock Design verification tests in progress at
19-g vibration 1150 and 1250°F, 10™° and 10™ forr.
Advanced 1500°F Al:O; (spray coat)® against car- Carbon graphite (no impregnant)| Operational test of prototype in progress
ZrH 3- to 5-year life bon graphite (no impregnant) against Al,O; (spray coat)® at 1500°F and 107° torr.
reactor 107 to 10°* torr Friction and compatibility tests to start in
35-g shock Fiscal Year 196%.
19-g vibration
aTi-6 A1-4V substrate.
bInconel 750 substrate.
Ta—10 W substrate.

Ill. SNAP 8 Reactor Program

Next, we started work on the SNAP 8 reactors, with a
12,000-h life and 1150°F bearing temperature. To pro-
vide for the higher temperature requirement, the
structural material for the bearings was changed from
Ti—6 Al-4V to Inconel 750; to accommodate thermal ex-
pansion, the TiC ball was discarded in favor of AlO,-
sprayed Inconel 750. Otherwise, SNAP 2 material
combinations were used.

The testing of prototype bearing assemblies was pro-
ceeding satisfactorily, until they were examined after
10,000 h at 1150°F; it was then discovered that the AL,O,
was spalling from the shaft. Spalling occurred only when
the ALLO; was in contact with the impregnated carbon
graphite. Examination of the AlLO, showed a phase
change from y to a, which represents an 8% density in-
crease. Later, it was shown that the impregnant, and not
the carbon graphite, had some catalytic effect on this
phase change. '
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With a year to go before the startup of the reactor was
scheduled, a selection of other promising couples was
made, and a three-phase approach to the development
of a stable shaft coating was implemented as follows:

(1) Sliding friction tests (Fig. 2) were conducted for
1000 h in ion chambers. Using our 1000°F fixtur-
ing with heaters at 1250°F presented problems.
The Kanthal A-1 heater wire oxidized and burned
up in 100 h, and a switch to platinum wire was
necessary. The stainless steel specimen supports
also had to be strengthened.

(2) Concurrently, stacks of candidate material couples
were cooked in a vacuum at 1250, 1350, and
1450°F for 500, 1000, 2000, and 5000 h (Fig. 3).
This required the design and fabrication of
vacuum heaters of tantalum. Temperatures above
the design temperature were selected, to accel-
erate any incompatibilities in order to obtain early
results. Couples of Al,O;, in contact with both
impregnated (the original SNAP 8 combination)
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Fig. 2. Sliding friction test facility

and nonimpregnated carbon graphite, were also
included.

(3) Journals, coated with several other candidate ma-
terials, were also put on test in the impregnated
carbon graphite bearings, under design load,
cycling, and temperature conditions (Fig. 4).

The results of this three-phase program are summar-
ized in Table 2. The catastrophic failure of Al,O; against
P5N was duplicated, and the stability of Al,O, against
the nonimpregnated carbon graphite was demonstrated.
Both Cr,C, and WC showed considerable transfer of
chrome to the P5SN. A choice of P5 against Al,O; was
made; and the complex Inconel 750 ball, coated with
ALO; and fitted with P5N inserts, was replaced with a
solid, nonimpregnated carbon graphite ball. Design veri-
fication testing of this choice, to 12,000 h at 1150 to
1250°F and 10-° to 10-® torr, is underway.

88

IV. Advanced ZrH Reactor Program

We have started the development of a 1500°F bearing
for an advanced reactor and are taking the three-phase
approach found so effective for the SNAP 8 program.
Upgrading test fixtures for this temperature requirement
has been as difficult as testing the candidate combinations.

Tantalum alloys are used for basic high-temperature
structure, and high-purity alumina is used for insulators.
The handling and cleanliness of all parts that go into the
vacuum chamber must be given special attention. Mate-
rial combinations of P5 against K162B, P5 against Al,O,
coated on Ta-10 W, solid AL,O, against LT-2 (a cermet
of W, Cr, and Al,O;), LT-2 against P5, and LT-2 against
LT-2 are to be tested for 1600°F compatibility and fric-
tion. In addition, P5 against Al,O; on Ta-10 W is on test
as a prototype bearing.
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Table 2. SNAP 8 bearing redesign program

Maximum friction coefficient Maximum torque,
{1000 h, 107" torr) 1250°F shaft tests e b 10
Bearing pl (700 to 2000 h, Compatibility tests (1000 h, ! torr)
10° (1250, 1350, and 1450°F)
o torr),
1250°F Room temperature .
in. «lb
AlO; against P5 0.29 0.69 - Coating showed no significant changes.
AlO; against P5N 0.28 0.69 2.5 Coating separated from substrate,
TiC against P5N 0.62 0.78 5.7 Generally stable, but showed slight porosity
increase.
CrsC. against P5N 0.85 0.68 4.8 Chrome transfer to the PSN was apparent.
WC against P5N 1.0 2.0 55 Chrome transfer to the P5N was apparent.
Cr plate against PSN 0.32 0.64 Heavy chrome transfer to P5N prompted no further testing.
K162B against P5SN 0.35 0.50 Long time for delivery of materis! preciuded use on this program.
NOTES: P5N and P5 are carbon graphites from Pure Carbon Co., impregnoted (Li salts) and unimpregnated, respectively.
Al:0;3, TiC, CrsC,, and WC were spray-coated on Inconel 750,
K162B is a TiC sintered material from Kennametal Corporation.
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V. Concluding Remarks

Information obtained in the testing program was used
not only to select material combinations for bearings, but
also in selecting such other components as electric actu-
ators, position sensors, limit switches, and ground test
scram mechanisms.

Some of the problems encountered during our pro-
gram should be of interest to other developers of high-
temperature components. The materials selected for these
extreme conditions tend to be exotic, and suppliers tend
to give rather poor delivery, especially on small develop-
ment quantities. Also, they do not always have adequate
specifications for the materials, or proprietary processes
may be involved, and they resist giving us the details
necessary for us to analyze the materials. The machining
of such materials can also require considerable effort, on

our part, in locating and- working with the fabrication
vendors.

Fabricating test fixtures from materials that have not
had wide use (e.g., tantalum alloys) has required training
in machining practices in our own shop. Heaters for our
uses were not available from commercial vendors, and
we found ourselves involved in a heater development
program. Also, our personnel who were setting up tests
had to be trained in clean handling practices.

Where there are long-term design life goals, it pays to
devise methods of accelerating the effects, as in our com-
patibility tests at above-design temperatures. At the
same time, the test sequence on prototype assemblies
should not be so severe, or have such an excessive mar-
gin, that a failure leaves one wondering whether the test
might not have been successful with just a modest margin.
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Controlled-Leakage Sealing of Bearings for Fluid

Lubrication in a Space Vacuum Environment

H. I. Silversher
Lockheed Missiles & Space Company
Sunnyvale, California

This paper analyzes an example of sealing hydrodynamic bearings to the
extreme requirements established by the functional mission of space vehicles in
synchronous orbit for extended periods of time. The present concept of a syn-
chronous orbit is a constant altitude of between 20,000 and 25,000 miles. The
economy of many missions in synchronous orbit will require functional effective-

ness for at least 7 years.

The problems imposed by severe environmental conditions for the extended
period of time are discussed so that relevant design criteria for hydrodynamic
bearing lubrication systems can be established.

I. Introduction

The applicability of synchronous orbiting mechanisms
to space technology is manifested in the communications
satellite. The Applications Technology Satellite (ATS)
and COMSAT designs represent the state-of-the-art con-
cepts for reception and transmission, forming an impor-
tant facet of a global communications network. Both
designs depend on bearings for stability and orientation.
Some designs utilize bearings in power and signal trans-
fer. In all designs, the reliability of bearing function is
critical to the success of the mission. A bearing failure
is catastrophic.

Valuable information covering the probable failure
modes of antifriction bearings and bearing surfaces in the
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space vacuum environment is available from such publi-
cations as NASA technical reports; proceedings of the
annual Aerospace Mechanisms Symposiums; proceedings
of meetings conducted by the American Society of Lubri-
cation Engineers and the Aerospace Council; and com-
pany research projects funded by government agencies.
Such information is obtained, for the most part, from the
results of simulated tests in terrestrial laboratories, and,
to a lesser degree, from information transmitted by orbit-
ing spacecraft.

fi. Constraints

The lubrication of spacecraft systems operating in a
synchronous orbit is complicated by (1) ultra-high
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vacuum, (2) volatilization, (3) condensation of volatiles,
(4) absence of reactive gases, (5) poor thermal conduc-
tivity, (6) weightlessness, (7) temperature extremes, and
(8) penetrating radiation. When knowledge of constraints
is applied to bearing design, the resulting lubrication sys-
tem should be the product of the proper selection of
materials, suitable engineering design, and the careful
application of nondestructive testing and check-out
procedures.

A. Ultra-high Vacuum

The most important problem in the space environment
influencing materials for lubricated systems is ultra-high
vacuum. The ambient pressure of the synchronous orbit
is about 10-3 torr. The detrimental effects on the lubri-
cation system attributed to this low ambient pressure are
volatilization, condensation of the volatiles, absence of
reactive gases, and poor thermal conductivity.

1. Volatilization. The equilibrium value is a thermo-
dynamic function of the molecular species involved and
is established when the rate of molecules returning to a
surface equals the rate of leaving. In an absolute
vacuum, the mean free path is large enough so that those
departing molecules can be permanently lost and equi-
librium cannot be attained. Therefore, if a solid or fluid
lubricant has a high vapor pressure, it may evaporate
appreciably during long-time space orbits, with a contin-
gent loss of lubricative function.

2. Condensation of volatiles. The detrimental effect of
volatiles condensing on a cold surface is contamination.
Optical and thermal control surfaces are particularly
vulnerable and cannot perform satisfactorily with gross
changes in diffraction, absorption, and emissivity. Elec-
trical contacts, slip rings, and brushes are detrimentally
affected by changes in conductivity due to contaminat-
ing films.

3. Absence of reactive gases. Absorbed or chemisorbed
gas films, such as oxides, are normally present on even
the cleanest metal surfaces in terrestrial atmosphere.
Such films prevent bare metal-to-metal contact and the
formation of strong welded junctions. However, when
these films are removed by frictional phenomena, they
are lost to space vacuum, and gross seizure and welding
can occur.

4. Poor thermal conductivity. Poor thermal conductiv-

ity results from the absence of gases between adjacent
or contacting surfaces down to the prominent asperity
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level. In the terrestrial atmosphere, the spaces between
contacting asperities are filled with air which conducts
thermal energy from one substrate surface to another,
thereby producing a low gradient. However, in vacuum,
the absence of thermal conducting gases restricts the
flow of heat to the real areas of contact (asperities), re-
sulting in a high gradient. The poor thermal conductivity,
coupled with the absence of convection cooling, estab-
lishes higher heat-resistance requirements for lubrication
systems.

B. Weightlessness

The only beneficial effect of weightlessness is that,
once in orbit, bearings need not support a structural
load. The bearing load is reduced to the level required
by the initial load associated with acceleration and de-
celeration, the effect of unbalanced dynamic forces, and
the centrifugal force of the bearing against raceways
and retaining mechanisms. Reduced bearing load means
less wear and friction. However, the detrimental effects
have a greater influence on bearing design. The latter
effects are:

(1) The obvious malfunction of gravity-fed systems
such as fluid reservoirs and hydraulic system accu-
mulators.

(2) In combination with ultra-high vacuum, the ab-
sence of convection currents for cooling. Therefore,
frictional surfaces will operate at higher tempera-
tures than those induced by the same loading
conditions in a terrestrial environment.

C. Temperature Extremes

The effect of temperature extremes on spacecraft
lubrication is more pronounced on those parts outside of
the vehicle skin. The cause is direct radiation from the
sun and, to a lesser extent, solar reflection from the earth,
Components such as solar array bearings can experience
temperatures as low as —280°F when positioned away
from the influence of solar radiation. Temperatures
within the vehicle are protected from extreme conditions
by controlling the absorptivity and emissivity of the outer
spacecraft skins so that the only problem is the increased
temperature rise on frictional surfaces caused by the lack
of convection heat transfer.

D. Penetrating Radiation

The net effect of penetrating radiation on lubrication
is the energy supplied for chemical reactions within the
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molecular structure of the lubricants and the temperature
rise due to the absorption of energy, which can detri-
mentally affect required chemical and physical lubricant
properties. Space environment radiation is not considered
a major problem in lubrication. Radiation-resistant lubri-
cants have been developed, newer lubrication system de-
sign provides effective shielding through housings and
retaining mechanisms, and the oxygen required to accel-
erate radiation degradation in some lubricant materials
is absent in space vacuum environments.

lll. Lubrication Systems

There are many bearing surfaces and mechanisms
functionally peculiar or common to the communications
satellite. These include mechanisms such as motors, gear
chains and trains, gyros, or stabilization wheels; mechani-
cal devices such as pull pins, threaded fasteners, closures,
and valves; equipment for recording and transmission,
relays, and timing devices; electrical contact surfaces
such as brushes and slip rings; and critical bearings for
positioning antennas and solar arrays or for spinning and
despinning the satellite.

The purpose of a lubrication system is two-fold: (1) to
maintain a low torque level consistent with part function
and available allotted power, and (2) to maintain the
required conductivity for contacting electrical surfaces.
Increasing the torque of any of the aforementioned
mechanisms can render the available power supply in-
adequate, and a failure mode is established. Increasing
torque is the product of friction, wear, and adhesion.
Decreased electrical conductivity can render electrical
power and signal transfer inoperable.

We must design a lubrication system for mission life
We can discount the problem of environmental radiation
where the bearings are housed and shielded unless there
is a nuclear power source for the spacecraft. The prob-
lem of meteoroids is part of total spacecraft design and
not peculiar to the lubrication system. Therefore, we
must design for protection against the adverse conditions
imposed by the low ambient pressures, weightlessness,
and temperature extremes.

The primary consideration is the lubricant itself. The
two most widely used generic types are fluid and solid.
The fluids (oils and greases) are useful for hydrodynamic
systems, and the solids are more applicable where
boundary conditions are encountered.
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A. Solid Lubricants

We will not dwell on the solid lubricants, although
they are more compatible with the space vacuum envi-
ronment than the fluids. However, they have a tendency
toward sacrificial wear, whereby they reduce the wear
rate between rubbing surfaces by wearing themselves,
until they are removed or the debris formed becomes a
contaminant. If a thicker film is employed for longer
wear, the wear can become greater than design-allowable
dimensional tolerances, or the greater amount of debris
can compound the contamination problem. An excellent
example is in electrical contacts such as slip rings and
brushes, where debris from contacting brushes can cre-
ate a “short” by depositing a conductive path between
adjacent slip rings. Another problem is that the greater
the speed of rubbing surfaces, the faster the wear. The
failure mode with solid lubricants is usually catastrophic.
However, there are applications where only solid lubri-
cants can be used, and a judicious selection should
be made.

B. Fluid Lubricants

For the purpose of this session we will discuss the
design of hydrodynamic lubrication systems for bearings
and flexures in space vacuum environments,

The greatest problem with fluid lubricants is volatility.
Vacuum increases the evaporation rate of the material,
and any increase in temperature from friction with the
lack of convection cooling accelerates volatilization.
Therefore, an oil or grease with low volatility and ther-
mal stability should be selected. We have found that
lubricating fluids based on chlorophenylmethyl poly-
siloxane and fluorosilicones impart excellent lubrication
to instrument-type bearings in vacuum for rather long
periods of time. A test using a fluorosilicone is still in
progress after more than 5% years, in a chamber pres-
surized at 1 X 10-® torr. The tests performed on fluid
lubricants at 10-8 or 10-? torr are valid even though the
synchronous orbit ambient pressure is 102 torr. Effec-
tively designed shielding and sealing of bearings will
increase the pressure surrounding the bearing to from
10-% to 10-® torr. Some of the highly refined paraffinic
and petroleum oils and greases show promise, but the
changes in viscosity are more pronounced than those of
the silicones with changes in temperature.

€. Bearing Materials

Another important factor in vacuum bearing technol-
ogy is the selection of the bearing material. Two metals
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often used are 52100 chrome steel and 440C corrosion-
resistant steel — both materials heat treated to a Rockwell
hardness of C58-63; vacuum melt fabrication stock is
preferred to assure freedom from gross imperfections
during alloying. We prefer the 440C for the total mission
because of its resistance to the prelaunch atmospheric
environment.

IV. Controlled-Leakage Sealing

When the type of bearing and the lubricant have been
selected, the design of the lubricating system for mission
life follows. Design parameters should include calcula-
tions assuring an adequate supply of lubricating fluid.
Since volatilized fluids are gases in vacuum, the calcula-
tions should be derived from the flow behavior of gases
at the different pressure levels.

Complete or hermetic sealing of the lubrication system
is most effective in vacuum. However, there is a possi-
bility that the optimum seal could be broken by dis-
rupting forces during the 7-year minimum requirement.
Therefore, other sealing methods that can function with
some exposure to ultra-high vacuum should be investi-
gated. An excellent, flight-proven candidate is controlled-
leakage sealing.

The design for controlled-leakage sealing is based on a
minimum loss of lubricant by evaporation. M. Knudsen
(Ref. 1) states that since on a molecular scale even
smooth surfaces appear rough, the direction in which
a molecule rebounds after collision with the surface is
statistically independent of the angle of incidence. There-
fore, the molecular flow resistance of small orifices can
be made relatively high.

A. Theoretical Discussion

We relate the controlled-leakage mechanism to the
molecular flow of gases rather than to viscous flow be-
cause the reduced pressure of space vacuum causes the
molecular mean free path to exceed the cross-sectional
area of the gas path, and tangential shear between gas
layers cannot be effected. An equation developed by
M. Knudsen and colleagues modifying the classic kinetic
gas theory is useful in designing a fluid lubrication sys-
tem for functional bearing life by calculating the escape
rate of oil from a bearing assembly. The equation is

4 [(Rﬁ — R} (R, — RI)J 1

Q= 3 (2m) /2 T PNEE (pr — p2)

(1)

where
Q = volume flow rate of oil vapor
R;, R, = inside and outside radii of annulus
L = length of annulus
o1 = density of oil vapor at standard conditions
1 = pressure in the housing
o = ambient pressure

According to M. B. Weinreb (Ref. 2), this equation
was employed in designing a radiometer spindle assem-
bly for the Tiros II meteorological satellite (Fig. 1). The
lubricant used was a MIL-L-6085A diester oil with a
vapor pressure of 10~ torr. When the ambient pressure
reaches 10-2 torr, molecular gas flow occurs around the
shaft through the small clearance of 0.0005 in.

+0.0000
00740 _ 00005 DIAM 0.07as 00005
[<4—0.0745_0 0000

_______ )

R—SINTERED NYLON
RESERVOIRS, VACUUM
IMPREGNATED WITH
DIESTER BASE OIL

ROTATING
SHAFT, 2750 rpm

DIMENSIONS IN INCHES

Fig. 1. Radiomefer spindle assembly

S. P. Lester (Ref. 3) describes the effect of modifyirg
the kinetic gas theory for a simple aperture (Eq. 2):

2 grams

M
w = 0.0583 P <———)

- (2)

second
where

w = weight loss in grams/second through simple
aperture

= vapor pressure of the gas in torr
= molecular weight of the gas

= temperature of gas in degrees Kelvin

BoNor N
;

= area of the aperture in cm?
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Equation (2) should be further modified by a fraction
factor of loss f. Since f is based on gap width ¢ and
channel length / in the order of mean free path, it is
possible to establish a numerical value of f for escape
path configurations other than the simple aperture. The
Monte Carlo Technique (Ref. 4) can be used for this
calculation if the ({/a) ratio of the path length to width
is 16 or greater in the equation f = =(a/f). The term f
can then be introduced into Eq. (2) as follows:

M\ 2 grams
w = | 00583 P —) Alf (3)
T second

Several examples of escape paths measurable for f are
shown in Fig. 2. These and other possible configurations
contribute to the effective design of labyrinth seals.
Controlled-leakage sealing is augmented by using fluid
lubricants with low vapor pressures. It is sometimes dif-
ficult to correlate a high average molecular weight prod-
uct with a uniform low vapor pressure, since many fluid
lubricants contain a wide range of molecular weights.
The low molecular weights probably volatilize first so
that the loss factor will be somewhat erratic until the
system is stabilized. This should be considered when cal-
culating sealing requirements.

—
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T

ELBOW ESCAPE PATH

Y J °_y
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)

a l‘ i ? a
* T
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Fig. 2. Measurable escape paths
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B. Results of Tests on Selected Qils

S. P. Lester (Ref. 3) tabulated the vapor pressure and
viscosity of oils that were selected for low-vapor prop-
erties and that have been evaluated by the Lockheed
Missiles & Space Company as lubricants for instrument-
size ball bearings (Ref. 5). These are listed by generic
chemical type in Table 1. The results of the tests are
tabulated in Table 2.

Table 1. Vapor pressure and viscosity of selected oils

oil Vapor pressure, Viscosity,
(chemical type) torr <S
Chlorophenyl-methy!
paSnyTmethy 0.1 at 125°F 52 at 100°F

polysiloxane

1 X 10 at 70°F

Petroleum base oil 1 X 107 at 572°F

3535 at 104°F
Paraffinic base petro- 440 at 70°F
leum oil with addi- 5 X 107 at 70°F 155 at 100°F
tive 15 at 210°F

23.5 at 70°F
9.37 at 130°F
3.85 at 210°F

3 X 107 at 70°F

Dioctyl sebacate
4 1 X 107 at 176°F

Except for the dioctyl sebacate, all the lubricants were
operable in vacuum for more than 1 year with impreg-
nated phenolic retainers and without labyrinth seals. A
fluorosilicone oil (not listed in the table), with a viscosity
of 250 ¢S, is operating in a pressure of 1 X 10-® torr after
more than 5% years. A well-designed labyrinth seal
should improve the performance of the tested oils.

Table 2. Test results for selected oils (Ref. 5)

Maximum
oil test Results
(chemical type) pressure, (as of Sept. 1967)
torr
Chlorophenyl-methyl _9 Motor stalled at 23, 460 h. Cause
polysiloxane 4 %10 of failure being determined.
Test discontinued at 20,019 h.
. " Bearings were satisfactory with
Petroleum base ofl 1 X110 oil still present. No change in
torque from start to finish.
Paraffinic base petro- Still running after 18,457 h in
leum oil with addi- 1 X 108 an ambient temperature of
tive 250°F.
Dioctyl sebacate 1 X 10°? Failed at 3584 h,
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V. Specific Recommendations
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To optimize the design of a fluid lubrication system
for bearings in the space vacuum environment for ex-
tended periods of time, the following recommendations
are made:

@

(2)

The bearings should be fabricated from vacuum-
melt 440C corrosion-resistant steel, hardened to
Rockwell C 58-63.

Retainers should be porous phenolic laminate,
vacuum-impregnated with a low-vapor-pressure
fluid lubricant selected from the first three types
listed in Tables 1 and 2.

Controlled-leakage seals should be designed with
an adequate supply of low-vapor-pressure fluid

lubricant (for mission life) vacuum-impregnated
into sintered nylon reservoirs (18-25% porous).

(4) The judicious deployment of barrier films will de-
crease creepage of the lubricant from the bearing
surface and the minimized surface area exposed to
low pressures will reduce the loss factor.

V1. Conclusions

The vacuum space environment does afford some ad-
vantages to the hydrodynamic lubrication systems using
fluids. Weightlessness reduces the high bearing loads
and the boundary condition resulting from the loss of the
fluid film. With controlled-leakage sealing, the reservoirs
need not be in direct physical contact with the bearing;
as a result, the torque requirement is decreased.
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Mechanical Suspensions for Space Applications

George G. Herzl
Lockheed Missiles & Space Company

Sunnyvale, Calitornia

Mechanical suspensions may be preferable to bearings for space applications
because of the absence of wear, backlash, lubrication requirements, and other
factors. Such factors as temperature changes, magnetic and electric fields, and
force fields may cause instability in suspensions and must be considered in design.
Major types of suspensions (torsion, filar, flexure, coil, and combinations) are
described, with examples of use. Characteristics of mechanical suspensions

are summarized in tabular form.

I. Introduction

Designers are increasingly using mechanical suspen-
sions, where they previously used bearings, to support
moving components of aerospace mechanisms, Mechan-
ical suspensions have demonstrated a capacity to operate
continuously for millions of cycles. Such long life is pre-
dictable because of the absence of wear, backlash, lubri-
cation requirements, and other operational variables. As
a means of providing long life in the space environment,
mechanical suspensions can be preferable to even very-
low-friction bearings (of comparable weight, volume, and
complexity).

To help the designer choose between bearings and

suspensions, their basic characteristics are compared in
Table 1.
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Table 1. Basic characteristics of bearings and suspensions

Component Action Motion Restoring
torque
Bearing Rolling, sliding Continuous rotary Absent
Ball
Roller
Journal
Conical pivot
Suspensi Bending, twisting Oscillatory Present
Torsion
Filar
Flexure
Coil
Membrane
101
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One characteristic of mechanical suspensions, namely,
restoring torque (due to bending or twisting motion that
accommodates rotation of the suspended part), rules
them out for continuous-rotation applications. For many
other applications, however, they are the best choice.
This paper discusses their advantages, as well as some
design implications. Table 2, at the end of the paper,
gives characteristics of the most common suspensions,
along with equations to help the designer select the type
best suited to his purpose.

li. Design Advantages of Suspensions

For aerospace applications, including various ground-
based simulating devices, the advantages of mechanical
suspensions are:

(1) The absence of contacting surfaces precludes cold
welding in the hard vacuum of space.

(2) Shock mounting can be done fairly easily to pro-
tect against the rigors of launch, reentry, and ex-

plosive disturbances.

(3) Components are ordinarily made from radiation-
resistant material.

(4) Lubricants and seals are not required.

(5) High electrical conductivity can be maintained
between stationary and rotating parts of the
suspension.

(6) Break-away torque is low because internal friction

of materials replaces sliding or rolling friction en-
countered in bearings.

{Il. General Considerations

The most commonly used types of suspension are:
(1) Torsion.

(2) Filar.

(8) Torsion and filar composite.

(4) Flexure.

(5) Coil.
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(6) Membrane.
(7) Combination.

The torsion and filar (and their composite) types are
further classified as single and double. Single — a suspen-
sion at only one end of the supported part — can be used
in stationary devices where gravity can keep the suspen-
sion taut, as in orbital simulating devices. Spaceborne
mechanisms employ double suspensions, since these can
operate satisfactorily in any position and in an environ-
ment subject to shock and vibration.

To select an appropriate type of suspension, the de-
signer should consider the following factors:

(1) Required angle of rotation.

(2) Type of restoring torque (positive, negative, or
neutral; linear or nonlinear).

(3) Available space.
(4) Permissible axial motion.
(5) Constancy of restoring torque.

(6) Accuracy of null position.

The first four design considerations listed above are cov-
ered in Table 2 and in the following discussions of the
various types of suspension. The last two, constancy of
restoring torque and accuracy of null positioning, deter-
mine suspension stability and can be adversely affected
by certain environmental factors and material character-
istics, as discussed in detail in the following section.

IV. Designing for Maximum Suspension Stability

The designer must be aware of any factors that could
cause instability, such as temperature changes, magnetic
and electric fields, force fields, and other adverse factors.
The geometry of a suspension may also affect its stability.

A. Temperature Changes

The effect of temperature changes on the restoring
torque and the null positioning of mechanical suspen-
sions is primarily a function of material characteristics.
In designing for maximum stability, therefore, the de-
signer must take into account the material characteristic
most vulnerable to temperature-induced degradation in
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each type of suspension. The following list shows this
relationship:

Material characteristic most

Type of suspension affected by temperature

changes
Torsion Shear modulus
Filar Thermal expansion
Flexure Modulus of elasticity
Coil Modulus of elasticity

Combination of
characteristics above

Torsion and filar
(or other) combination

Some techniques that minimize the effects of tempera-
ture changes on the stability of mechanical suspensions
are as follows:

(1) Subjecting the suspension elements to many cycles
of pulsating temperature variations and subse-
quently annealing them to eliminate stress concen-
trations and invisible kinks. (For severe thermal
operating environments, the pulsation should sim-
ulate actual conditions; for example, the abrupt
and extreme temperature changes encountered
when a satellite passes from the sunlit to the shad-
owed side of the earth.)

(2) Using filament materials with low coefficients of
expansion.

(3) Using a different material for each filament, in
order to provide a self-compensating feature (typi-
cal of early clock pendulums).

(4) Using bimetallic compensating components to reg-
ulate tension in the suspension.

B. External Magnetic and Electric Fields

Torque constancy —a critical factor when a mecha-
nism is involved in the measuring of extremely small
forces — can be enhanced by employing materials that
are not sensitive to magnetic or electric fields, by ensur-
ing appropriate processing during manufacture of com-
ponents, and by providing shielding.

€. Force Fields

If the instrument must operate in an unusual force
field, such as those encountered during launch, on a
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rotating platform, or in the weightlessness of space, the
instrument must be dynamically balanced.

D. Other Adverse Factors

Certain material characteristics and certain other phe-
nomena can have deleterious effects upon suspension
stability. These include the following:

(1) Inelastic creep of suspension material.

(2) Internal friction, particularly of woven filaments.
(8) Aging of suspension material.

(4) Protective coatings (multiple coatings in particular).

(5) Associated functions (for example, damping of os-
cillations may produce such effects as asymptotic
return to zero position).

E. Geomelry and Stability

Suspension stability is also related to the geometry of
its parts. To improve stability, inherently null-stable
geometries may be incorporated. A filar configuration,
for example, can be made more null stable by separating
the filaments at either end (or both ends) of the suspen-
sion. However, the possible effects of such alterations on
other design parameters such as spring rate or shock
resistance must be considered. The introduction of re-
vised geometries should be subject to results of trade-off
studies of the particular design.

V. Suspension Characteristics

The types of suspension discussed below include tor-
sion, filar, flexure, coil, and combination.

A. Torsion Suspension

This type consists of one or more taut wires of an
elastic material. Round wire is commonly used because
it permits maximum twist for a given material. Other
cross sections can be used if there is need for greater
resistance to bending in a particular direction. Table 2
shows characteristics for elliptical as well as round tor-
sion wire; for other configurations, see Ref, 1.

The restoring torque of torsion suspensions is always
positive (increase in torque corresponds to increase in
angle of twist) but can be made extremely small by using
thin synthetic strands or woven thread as the suspension
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filament. The relation of torque to twist is linear for
relatively large angles of twist. Variation in filament ten-
sion affects the restoring torque indirectly by producing,
under proper design circumstances, only minute changes
in filament diameter.

A practical application of torsion-wire suspension is a
magnetic hysteresis damper (Fig. 1)* used on satellites

*The Nomenclature section applies to the figures as well as to
Table 2.

TENSION
ADJUSTMENT

MAGNETS

HOUSINGS

| T0 MAST

oriented by gravity-gradient effect to dampen vibrations
during orbit (Ref. 2). Typically, such a double torsion
suspension uses high-strength steel wire 2 in. long and
0.008 in. in diameter, with a torsional spring rate of
0.36 X 10-% ft-Ib per radian. The damper consists of two
units affixed to each other at right angles. Each unit is
free to rotate 60 deg in either direction from the null
position. Tension adjustments are provided at the ends of
the suspensions to keep the wire taut and preclude axial
motion of the suspended parts under a wide range of
operating temperatures.

TO DECK

STEEL DISKS

ROTOR
TORSION WIRE

Fig. 1. Torsion-wire suspension used in magnetic hysteresis damper. Each unit contains a double suspension
and each is free to rotate 60 deg in either direction from the null position
(photograph courtesy of American Telephone and Telegraph Co.)
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B. Filar Suspension

Filar suspension employs filament sets consisting of
two or more filaments each, the number of sets varying
according to design requirements. If parallel motion of
the axis of the suspended part is required, a two-set (bi-
filar) configuration is employed on each side of the part.
If parallel motion of the entire configuration is required,
a three-set (trifilar) configuration is used on each side.
More than three sets are seldom used, except to double
as carriers of electricity to a suspended part requiring
several connections. Several filar configurations are
shown in Fig. 2.

/AR

BIFILAR,

TRIFILAR,
PARALLEL-DOUBLE CONVERGENT-SINGLE PARALLEL-SINGLE

LADDER,

Fig. 2. Typical filar suspension configurations

Accuracy of null positioning and easy adjustment of
restoring torque are special advantages of the filar con-
figurations. For a comprehensive discussion of the filar
technique, see Ref. 3.

The restoring torque in filar suspensions is derived
primarily from tension in the filaments. In filaments of
finely woven thread without resistance to torsion and
bending, restoring torque is proportional to the sine of
the angle of rotation. (The data in Table 2 are based on
this assumption.) Fine wire with some elasticity can be
used, but the effect of the elasticity on restoring torque
must be considered.

Elements of the filar suspension are located along the
axis of rotation. Provision must be made for one or both
ends to be free to move because of inherent axial motion
of the suspension elements. This effect, largest when one
end of the suspension is fixed, can magnify motion by
converting small axial motion into relatively large rotation.
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C. Torsion and Filar Composite Suspension

This type, made up of two or more taut strips side by
side, derives its restoring torque from the combined
effects of the filar configuration and torsional stress.
Composite suspensions can attain better null-positioning
accuracy than that provided by torsion suspension alone,
while avoiding some of the complexity of the all-filar
suspension.

D. Flexure Suspension

This suspension consists of a flat spring supporting a
rotating part. The most common configurations are
single-strip, two-strip, and three-strip (Fig. 3). They dif-
fer mainly in complexity; capability to provide very low,
zero, and negative spring rates; and amount of motion of
the center of rotation as a function of load and angle
of twist.

ROTATION

2 /

SINGLE-STRIP TYPE

TWO-STRIP TYPE

THREE-STRIP TYPE

Fig. 3. Flexure suspensions (flat springs that support a
rotating part). Three types are shown

1. Single-strip type. This configuration has been used
for more than a century for suspending pendulums in
grandfather clocks. In practice, single-strip flexure suspen-
sions are used only for positive spring rates. The center
of rotation changes with angular deflection and load.

2. Two-strip type. This type is finding such aerospace
applications as suspensions for missile control nozzles
and a wide range of ultraprecision spaceborne instru-
ments — from gyroscopes to large telescope assemblies.
An external tension load to the strips can produce very
low, zero, or negative spring rates; this change of spring
rate should be considered in the design of devices that
operate in the weightlessness of space but are to be
tested on the ground. The location of the center of rota-
tion changes with angular deflection and load by a
smaller amount than in single-strip suspension. A two-
strip configuration, in which one of the strips has been
divided for increased lateral rigidity, is shown in Fig. 4.
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Fig. 4. Two-strip flexure suspension with one strip in
one axis and two in the other axis

A recent use of two-strip flexure suspension was one
that the author suggested, and NASA adopted, for sup-
porting a telescope mount weighing several tons in an
Apollo spacecraft originally scheduled for 1968 launch
(Fig. 5). This suspension, employing four flexure pivots,
makes possible an extremely precise pointing capability
because of its low breakaway torque. It also satisfies the
requirement for long service life in a hard-vacuum envi-
ronment and eliminates the hazard of optical contamina-
tion that would be posed by the use of a lubricant on
bearings.

3. Three-strip type. This complex type is the most ver-

satile of the flexure suspensions. It is adjustable to pro-
vide either positive, zero, or negative restoring torques

APOLLO TELESCOPE MO

Fig. 5. The Apollo Telescope Mount (ATM) supported on
two-strip flexure suspension — o systems
concept suggested by the author
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even when there is no external load. In theory, deflection
of the suspended part does not affect the center of rota-
tion. However, strip misalignment does cause a slight
shift of the null position and some motion of the center
of rotation when the suspension deflects, and these effects
should be taken into account in high-precision designs.

The formulas given in Table 2 for restoring torque
assume no axial forces acting on the flexure suspension;
for a discussion of other cases, see Ref. 4.

E. Coil Suspension

Coil suspensions may be of the spiral or helical config-
urations. Spiral springs (Ref. 5), as a sole suspension ele-
ment, are used only for lightweight parts (Fig. 6). This
type is commonly used with very-low-friction bearings,
such as conical-pivot bearings (Fig. 7), which limit lat-
eral motion of the suspended part and absorb axial thrust
of gravity and shock.

Py o

UNCOMPENSATED COMPENSATED

Fig. 6. Spiral spring suspensions

UNCOMPENSATED

COMPENSATED

Fig. 7. Spiral spring suspensions with conical bearings
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Thermal stability, often the most vital design consid-
eration for aerospace mechanisms, can be improved by
the use of pairs of matched, counter-wound, spiral
springs; each tends to compensate for the thermal expan-
sion of the other (see Figs. 6 and 7).

Spiral spring data presented in T ble 2 apply to
springs having many coils that do nc
can be increased by the use of a small number of coils
(Ref. 6), Spring rate also_inereases when coils touch
during operation.

Helical spring suspensions employ coiled elastic mate-
rials and provide six degrees of freedom to the suspended
part (Fig. 8). Typical applications are shock mounts and
isolation mounts. Calculation of restoring torques is com-
plicated by the interaction of lateral and longitudinal
forces and resulting torques; thus no sim "‘Ie relatmnshlps
can be developed.

Fig. 8. Helical spring suspension. This type is most
often used as a shock isclation mount

F. Combination Suspension

A design can sometimes combine two or more of the
principal suspension types. A typical example is a com-
bination of flexure and torsion (or filar) suspension. Such
a combination provides a shock mounting for the delicate
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wires of low-restoring-torque suspension (Fig. 1). Another
example is the use of a bimetallic spring in place of the
monometallic flat type to obtain a variable spring rate
as a function of temperature. A combination that uses
membranes in lieu of flexure suspensions is shown in
Fig. 9 -

MEMBRANE

TORSION WIRE

Fig. 9. Combined niéinki*gﬁe and tor

torque. The restormg torque is prov1ded mamly y the
spiral spring, since the spring rate of the torsion wire is
much smaller. Very small torques can be applied to the
suspended assembly by rotating the end of the spiral
spring attached to the rotary table.

VI. Summary

A summary of the characteristics of the most common
mechanical suspensions is given in Table 2. Some.com-
ments to aid in interpreting the table are listed below.

»

In the first column of Table 2, “single” and “double
indicate whether the part hangs on a single suspension
or is suspended at both ends. Equations for .double-
suspension types were developed on the assumption that
both suspending elements are made of identical material.
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SPIRAL SPRING

TORSION WIRE

INERTIAL PENDULUM

CONICAL PIVOT BEARING

BEARING HOLDER

ROTARY TABLE WITH
DUAL CROSS SLIDES

Fig. 10. Torsion wire und spiral-spring suspensions in an orbitel simulator designed by the author
(photograph courtesy of Phileo-Ford Western Development Luboratories)

“Installation configuration” indicates whether the sus-
pension elements are along the axis of rotation or in the
radial direction.

“Source of restoring torque” shows only the principal
source; the equations disregard secondary sources.

“Approximate permissible twist” values are indicative
only of the range in which restoring torque is linearly
proportional to deflection, and for which no permanent
deformation occurs. These values should be used only
for the initial selection of a suspension type, since actual
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range can vary significantly with suspension complexity
and configuration, required accuracy of null position, and
restoring torque.

“Axial motion” refers to motion of the suspended part
toward the fixed-suspension end; one end of the suspen-
sion is assumed to be fixed and the other able to move
axially. (Axial motion of the part can be eliminated by
providing for symmetrical motion of both ends of the
suspension.)

“Null position accuracy” ratings indicate only the rela-
tive merit of each type.
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Table 2. Characteristics of mechanical suspensions

Instal Axial motion® Null
nstal- .
lation Source of Restoring Appr A .Pofl
Type Sketch e restoring torque permissible tioning
co .‘9 torque q twist Suspended part Moving end of suspension acecu-
_ uration racy®
Torsion wire, circular £ Shear ¢ *1 &,
. . g na R Axial —G— 9 —_— B-C
cross section—single stress 32 turn 169
‘W
L
d 2 d dt d -
Torsion wire, circular ! K Shear - 1 L2 +1 1 . 1 1 2 . .
tion—double T Axal stress | oG\t BT turn ¢ —={—+—]° B-C
cross sectio W 32 ] Ji 164 ) 16 11 J
>t 32 1 2 2
P
E 7 &£d d:d?
Torsion wire, elliptical VT2 -.Io":t 2| axi Shear T 172 1 +% _'l_ 172 8
cross section—single |4 [ A4 5 p fal stress 16 & +d g turn 8L & +d
‘ w
3 43 2 12
“ =y T 49 1 1 d d,
A Ay £ O—sz T 2 2 2 a 2 2
A A-A 16 dl +d, 1 d:dz 8 (dl + dz) ‘21
Torsion wire, elliptical T X Shear 2 +% 1 p
cross section—double il ‘zﬂggtid Axial stress turn ;i 4+ d° &£ d° B
s¥ I8t | g-g ¥ 4 d: d: i 1 % 2 + s % \
+ =0 — ] —— ]
g a1, &+,
B "
i i +10 'S
Torsion fllan-lenf d-»l e . Shear Tic S o LI c
bundle—single A-A stress 32 ] turns 2

A ing one

9 P

-end to be fixed.

bNull positioning accuracy ratings: C—good, B—very good, A—excellent.
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Table 2 (contd)

Axial motion® Nult
Instal- . .
lation Source of Restoring Approximate .Pofl-
Type Sketch fiq. | TOStOring torque permissible tioning|
con fg torque q twist Suspended part Moving end of suspension accy-
uration b
racy’
d d! K S
Torsion filament Axial | Shear - ! 2 +=10 T, 1 t 2 2
bundle—double # o G\ e turns il —\7+7]° ¢
u stress 32 L, {2 24, 2 £ 4,
j+ 0+ .
Bifilar and trifilar, s | Axial LI L R +90deg |, _(¢:—p,p, AL A
¥ Axial w
nonparallel—single = force 4 (max) 2
’IDZF
f* O~
~ 1 W D1 D, 24 g2 z_DD-za__ %
2 1 —| W+ P —- 11 'Qz 11 |, 5 2
Bifilar and trifilar, 3 Acial | A0l 1 90 deg |, _ £-o, Dz,;ns_"_ Y A
nonparallel—double P\ force Ds D, (max) ! 2 . L0\ %
T — | si - { 42— D D sin®—
* n 6 2 3 4
/L 2
*{ D3| 2
“%vj
29 1 D 8\ %
oo ie . t
Bifilar and trifilar, ; . Axial —W— sin8 +90 deg 1= {22 =psint = A
parasllel—single ¥ force 4 { (max) 2
‘W
"_DI—" & 2 2 2 2 o 2 1/2
L — | WwW+P N 2% — DYsin® —
Bifilar and trifilar, K Adi Axial +90 deg 2 = 1 = 02 eim? O\% A
parallel—double Yw —52 il force D'-‘I D: {max) 1 1 ! 2 . ..z 0 Y%
; 4 -——+p—:|sin0 = (&~ Dysin’ —
P
‘Dz-h 2 t 12
1Assuming one suspension-end to be fixed.
bNull positioning a-ccuracy ratings: C—good,.B-—‘very good, A—excellent.
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Table 2 (contd)

Axial motion® Nuli
Instal- A ; posi-
lation Source of Restoring pproximate Pos
Type Sketch fig. |Testoring torque permissible tioning
config- i Suspended part Moving end of suspension accu-
. torque fwist
uration b
racy
[0+
/m | -
Bifilar and trifilar £m £ R 2 %
Axial 1 D ) +90 m deg 1 2pra f
o i —_ — gty - mD — -
1;:;:.-, parallel /o l Axial | 558 Wi (max) £ = m* D sin - A-8
Yw
[+~
£1/m) f 1 D} f 0\ %
4 /m 9 £ ";‘ W+ P)ymy —sin— Smaller o 1: - I: + [: = { £ — m*D?sin?
Bifilar and frifilar l| ! J Al L om +90 m 1 1Y 2m;s
ladder, parailel— 1/ T Axial o and 2 - % A-B
doubl Lomay 1| force : +90 m, 2% — m} Dl sin aea.s 0 \%
ouble 25 /my Wi £ +p [} 2m, — [ 2> = mDsin?
L /mp §_ 4 " I_!inn-r— deg (max) ? P 2m,
L ’P 2 2
D
+I t I‘ Shear
Filar and torsion Z_ AT ﬂ]]% stress 1 b 1 B @
composite, multistrip— | » F| Axial | and (—— G —+— w—) '] +30 deg — ¢ A-B
single pTRIFS j...l " axial 3 0 o2 g 21
w AR force
e Uine b # b,
' '1—5 m]—gi Shear _!. : ! + Bt G
Filar and forsion ”IA AJ_' A-a ¥ stress 3 \nd, nlf, A 1 /hk ke
composite, multistrip— = Axial | and +30 deg 6 — (_" + ‘_‘> 0 A-B
double 72 f' iz-.‘[éutl_,tz axial i b: b: 211 2 '21 22
8 Y force L4 —| WH+P—p— 14
it 12 £
1 2
oA one d to be fixed.

9 P

bNulf positioning accuracy ratings: C--good, B—very good, A—excellent.
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Table 2 (contd)

Axial motion® Null
Instal- . .
lation Source of Restoring Approximate .P°f"'
Type Sketch config- restoring torque permissible tioning
uration| foTave 9 swist Suspended part Moving end of suspension accu-
racy”
]
i T Bendi bf’ +20 4
. 1 2 i nding E +20 40 —~ .
Flexure, one strip AjJAY ;I\[IA Radial stress 12§ ¢ 30 deg =0 A-B
Bending b’ +20 to
. . E — z
Flexure, two strip B{; Radial stress 60 ¢ 30 deg 0 A
a3 . b
Bendin +20 to
Flexure, three strip £ Radial 9 E—¢ ~0 A
X T stress 49 30 deg
el g
o eoiral sori o T aa | | Bending L 1y ~0 Ab
Coil, spiral spring LJA ff j Radial stress ) 124 +1 turn ~!
LY\ ing one pension-end to be fixed.

bNull positioning accuracy ratings: C—good, B~very good, A—excellent.




axial motion, in.

S @

width of strip or coil, in.

diameter of wire or filament, in.

modulus of elasticity, psi

Q& U o

modulus of rigidity, psi

number of wires in strand

.

number of spiral springs in suspension

& -

radius of gyration, in.

diameter of suspension attachment, in.

Nomenclature
{ length, in.
m number of steps of ladder suspension
n  number of strips in multistrip suspension

P external load, Ib

t total thickness of strip or of composite strip, in.

W weight, 1b
6 angle of deﬂectidn, deg

Subscripts 1, 2, 3, 4 refer to parts of suspensions.
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Mechanical Design of the Spin-Scan Cloud Camera

D.T. Upton
Sonta Borbora Research Center
A Subsidiary of Hughes Aircraft Company
Goleta, California

The development and design of two Spin-Scan Cloud Cameras, successfully
operating at a 23,000-statute-mile synchronous altitude, are described. The first,
a single-color camera (black and white pictures), was launched from Cape Kennedy
on December 6, 1966. This camera is still in daily use and has provided many
thousands of high-resolution pictures. The second, a multicolor camera, was
launched on November 6, 1967. Use of the satellite spin, combined with a pre-
cision step mechanism to obtain pictures of the earth’s cloud cover, is described

in detail.

I. Introduction

Early in 1965, personnel from the University of
Wisconsin, Hughes Aircraft’s Space Systems Division,
and the Santa Barbara Research Center investigated
concepts to provide high-resolution pictures of the earth’s
cloud cover from synchronous altitude. The result was
the Spin-Scan Cloud Cameras, which are carried on
Applications Technology Satellites (ATS) and have pro-
vided thousands of such pictures (Fig. 1).

The Application Technology Satellites B and C, de-
signed and built by Hughes Aircraft’s Space Systems
Division for the NASA Goddard Space Flight Center,
are spin-stabilized spacecraft which rotate with their
spin axes parallel to the earth’s rotational axis. The con-
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cept was to capitalize on this feature and use the 100-
rpm spin of the spacecraft to provide the horizontal, or
longitudinal, sweep as one component of a scan raster.
The second component, the vertical step, would be in-
corporated in the camera mechanism. By utilizing the
spinning spacecraft and a stepping camera, a picture
would be generated much in the same manner as a tele-
vision picture.

Il. Functional Description

The black and white camera, Fig. 2, consists of a high-
resolution telescope and a light detector or detectors
coupled with a step mechanism. The latitudinal, or ver-
tical, step mechanism advances one step for each space-
craft revolution, When the step mechanism has completed
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Fig. 1. View of the earth taken from ATS-1 spacecraft in a synchronous equatorial orbit, 19,300 nautical miles altitude
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Fig. 2. Cutaway di'uwing of the single-color Spin-Scan Cloud Camera (SSCC)
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Fig. 3. Single-color Spin-Sean Cloud Camera

2000 steps in approximately 20 min, a limit switch initi-
ates retrace and the telescope returns to the top or north
latitude position. At this point, another limit switch starts
the normal north-south stepping in synchronism with
spacecraft rotation. Figure 3 shows the assembled black
and white camera. The multicolor camera, Fig. 4, scans
the full earth disk and requires 2400 steps, approximately
24 min, to complete one picture.

iii. Mechanical Deseription

The mechanical design requires a high degree of pre-
cision in only two areas: (1) the spacing and mounting
of the optical elements into the telescope housing and
(2) certain parts of the precision step mechanism.

The two cameras are identical in every major respect
except in the number of photomultiplier tubes required.
Figure 5 shows the relationship between the telescope
and the single photomultiplier tube required for the
black and white camera, and Fig. 6 shows the photo-
multiplier tube housing, located aft of the telescope, sup-
porting the three photomultipliers required on the color
camera. Figure 6 also shows the block closing the end of
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Fig. 4. Multicolor Spin-Scan Cloud Camera (MSSCC)

the tube housing and forming one end of the fiber optics
bundle which relays the energy to each photomultiplier
tube. The fiber optics bundle (Fig. 7) consists of three
0.005-in.-diameter glass fibers. These are terminated in
the telescope behind an aperture plate (Fig. 8) contain-
ing three 0.0015-in.-diameter holes spaced 0.010 in. apart.
The apertures lie in a plane normal to the spacecraft’s
spin axis. The fiber optics permit relative motion between
telescope and photomultiplier tubes.

A, Telescope

The telescope is the only component in each camera
that is sensitive to the temperature extremes likely to be
encountered in the hostile environment of space. To
maintain the 0.1-mrad optical resolution, the telescope
housing assembly is fabricated from Invar 36 steel alloy.
The longitudinal shift permitted is on the order of
0.0003 in. The thermal characteristics of this material
closely match those of the quartz optical elements. The
telescope assembly consists of a tube, a secondary mirror
housing with support legs brazed into the forward end
of the telescope tube, and a primary mirror support plate
bolted to the aft end.
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Fig. 5. Cross section of telescope assembly, $SCC
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Fig. 6. Multicolor camera telescope and photomuliiplier tube housing
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Fig. 7. Fiber optics housing, MSSCC
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Fig. 8. Field stop, MSSCC

The telescope assembly is supported at its center of
gravity by two double-ended, flexural pivots (Fig. 9).
Two sector arms are attached and registered to the tele-
scope at these pivot points. The sector arms roll on the
drive frame, which is part of the step mechanism, and
are attached to the drive frame by drive bands. These

. PRECISION STEP
MECHANISM

[ 1
T
| —————————DRIVE FRAME

-

SECTOR ARM

TELESCOPE

FLEXURAL PIVOT

)
-

Fig. 9. Schematic showing sector arms, drive bands,
and flexural pivets, MSSCC
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bands, two on each sector arm, permit roll action but are
pulled tight to eliminate backlash. The radius of the sec-
tor arms is governed in part by the large reduction ratio
required in the step mechanism and in part by the phys-
ical clearance needed between telescope and drive.

In synchronous orbit, the camera is constantly sub-
jected to a centrifugal force approximately six times
gravity due to the 100-rpm spin of the spacecraft. To
obtain full earth coverage, the telescope requires +9 deg
of angular motion. Flexural pivots, properly oriented, are
ideal for this application. They permit the required angu-
lar motion and yet provide adequate radial support with
no radial play. Any radial play in the telescope pivot
bearings would introduce error in the step linearity and
step position repeatability. The flexural pivots and the
drive bands are ideally suited to the hostile environment
of space.

B. Precision Step Mechanism

The basic step drive consists of a stepper motor, 90 deg
per step, 2000 steps required, coupled to a precision ro-
tating nut through a 10.1:1 gear reduction. The rotating
nut drives a precision lead screw having 40 threads/in.
To obtain a complete earth scan by the multicolor cam-
era, these values were extended to ratios of 10:1, with
50 threads/in. and 2400 steps required. The lead screw
causes the drive frame to move linearly 0.0006 in. (black
and white camera) and 0.0005 in. (color camera) per step.
This linear travel, coupled to the telescope through the
sector arms, translates this straight-line motion into ro-
tary motion to provide the required 27 seconds of arc per
step at the telescope. The average repeatability of the
drive is better than one step in 2000 steps.

The overall reduction from the 90 deg/step of the
motor to the 27 seconds of arc required at the telescope
is 12,000:1. To obtain maximum life from the precision
lead screw, nut, bearings, gears and motor, the drive is
lubricated, pressurized to two atmospheres with nitrogen,
and sealed. To allow the linear motion to be transmitted
from the sealed drive, two rolling diaphragms are used.
To each end of the lead screw is attached an aluminum
piston which travels inside a stainless steel cylinder. The
diaphragm rolls between these two surfaces. The piston
supports the diaphragm on the inside and the cylinder
provides support on the outside so that only the curved
portion between the piston and cylinder is subjected to
the pressure differential. The calculated leak rate of the
diaphragms is 4 X 10-° cm?®/s, or an operating life of
approximately 3 years.
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Fig. 10. Exploded view, major mechanical components, MSSCC

C. Frame and Electronics Housing of Color Camera

Figure 10 shows the major components of the color
camera. The outside dimensions are 12 in. in height, 7 in.
in width and 11 in. in depth. The camera weighs 23,5 1b,
(The black and white camera is only 10 in. high and
weighs 20 1b.)

Aluminum plates, dip brazed to form a structure, sup-
port the step drive mechanism and provide a housing for
the electronics.
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IV. Conclusion

Simplicity was the keynote of the total program. A
straightforward design approach, standard fabricating
techniques, high precision only where required, and rea-
sonable tolerances wherever possible produced an excel-
lent instrument of high reliability, More than a year’s
operation for the black and white camera, which is still
operating, proves the adequacy of the lubrication sealing
technique. Examination of both color and black and
white pictures indicates that focus was indeed held.
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A Passive Solar Panel Orientation Servomechanism

R. L. Samuels
TRW Systems Group
Redondo Beach, California

This study presents the design of a servomechanism containing only passive
elements designed to orient a solar power panel and maintain sun “lock” without
the use of electronic or electromechanical devices or wiring. No expenditure of
spacecraft power is required, while torques in the order of 30 in.-lb are readily
obtainable with reasonable tracking resolution and pointing accuracy.

This proposed mechanism consists of two basic components: a thermal power
piston and housing and a bimetallic sun sensor. These components are linked
together to provide a unique closed-loop thermomechanical servomechanism.

I. Introduction

The trend of the modern spacecraft must be towards
passive systems. Complex, sophisticated electromechani-
cal systems, while they gladden the heart of the
mechanical design engineer, suffer seriously when con-

fronted with the reality of a reliability study parts count
and failure mode analysis.

In an effort to find a unique solution to a problem
usually solved by electromechanical subsystems requiring
relatively heavy power drains, a servomechanism (Fig. 1)
utilizing the direct conversion of solar thermal energy to
mechanical effort was derived.

3rd AEROSPACE MECHANISMS SYMPOSIUM

il. Mechanism Description

This mechanism*® consists of two basic components:
(1) Thermal power piston and housing,.
(2) Thermomechanical sun aspect sensor.
These components (see Fig. 2), linked together, provide
a unique closed-loop thermomechanical servomechanism

capable of the moderate positioning accuracies quite

suitable for solar panel operation (typically within
+5 deg of sun normality).

Subject of a TRW patent application.
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Fig. 1. Operational configuration of passive
solar panel orientation system

20 UPPER RADIATION SHIELD
4 SENSOR MODULE

10 LINK RAIL
5 BIMETALS

BIMETAL A BIMETAL B

A. Power Piston Assembly

The basic power piston operates in a cylinder ma-
chined in the center web of an H-section slab of alumi-
num alloy (Fig. 2, No. 1). The cylinder cavity is filled
with a suitable fluid such that an increase in fluid tem-
perature results in piston (No. 2) extension in a linear
relationship to temperature rise. Similarly, a cooling of
the fluid allows retraction of the piston by a torque
spring (No. 13) with hysteresis errors of less than 0.5%.

The aluminum body is coated with a high-absorptivity
finish on the upper surface and a highly emissive coating
on the lower face. The cavities between the upper and
lower fins (No. 21) are filled with a sandwich baffle of
superinsulation to prevent radiation between surfaces
X and Y. Thus any heat flow must take place through
the central web containing the piston assembly and oper-
ating fluid. Attached to the piston rod is the cross-link
(No. 17), which is connected to the torque pulley (No. 16)
via a metal operating belt (No. 11).

Therefore, any extension of the power piston results in

an increase in belt temsion, thereby rotating the solar
panel (to which the body assembly is rigidly attached)
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Fig. 2. Passive solar panel orientation servomechanism
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around the panel torque rod, which is in turn bolted to
the spacecraft structure.

Attached to the piston assembly (No. 2) is the position
shutter, which rides in Teflon bushes on the upper sur-
face of the aluminum body. Movement of the piston
(following body heat-up or cool-down due to sensor ac-
tion) will correct body heat balance to retain the new
position by covering or uncovering the correct amount of
absorptive upper surface. The sensor will of course re-
turn to neutral on sensing normal sunlight.

B. Sensor Assembly and Operation

The sensor assemblies control a shutter (No. 6) which,
with “normal” sun radiation, covers a portion of the area
of the absorptive body surface allotted to directional con-
trol of the system. Each sensor module consists of two
bimetal strip elements A and B and radiation baffles
(Nos. 7, 8, and 20). Bimetals A are attached solidly at
their lower end to the body block but are thermally
insulated from it, and the upper ends are pin-jointed to
the two link rails (No. 10).

Bimetals B are rigidly attached to the sensor shutter
(No. 6) at their lower extremities and pin-jointed to the
link rails (No. 10).

Thus the sensor shutter (No. 6) is flexure-mounted
above the body and restrained from excessive movement
(during launch vibration, etc.) by the shutter stops
(No. 12).

Solar radiation, when moving off normality towards
the left of Fig. 2, will illuminate A bimetals, which will
bow their tops towards the right of Fig. 2, thus carrying
the link rails (No. 10), the unaffected B bimetals, and the
sensor shutter to a position shutting off some solar radia-
tion to the body. The resultant cooling of the body due
to radiative heat loss will cause rotation of the whole
assembly in a counterclockwise direction due to retrac-
tion of the piston assembly (No. 2). Since the piston
assembly carries the position shutter (No. 9) to a position
covering some of the absorptive upper surface of the
body (No. 1), the cooler steady-state temperature will be
retained when the sensor shutter returns to its neutral
position due to a now “normal” sun (the upper radia-
tion shields (No. 20) shadowing both bimetals at sun
normality).

IMlumination of the B bimetals by solar radiation from
the right in Fig. 2 will cause them to attempt to bow
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to the right; however, the link rails, attached as they are
via the A bimetals to the body, will enforce displacement
of the sensor shutter (No. 6) to the left, thus uncovering
some of the absorptive upper surface of the body, which
will therefore heat up and extend the piston. Piston ex-
tension will rotate the whole assembly clockwise and also
uncover some of the absorptive upper surface due to
movement of the position shutter to the right in Fig. 1.
This repositioning of the shutter (No. 9) will cause reten-
tion of the new piston/body position and allow return of
the sensor shutter assembly to neutral.

lll. Design Considerations
A. Power Piston and Body

The initial concept is' based fundamentally on the
Pyrodyne? actuator. This device consists of a fluid-filled
cylinder and a piston that extends linearly with increase
or decrease in fluid temperature.

These components have been qualified for use in space
and, in fact, form part of the Apollo life-support control
system.

Typically, extension ratios of 0.020 in./°F can be
readily achieved with no theoretical limit on extension.
In practice, however, the long heat-up time enforced by
a large mass of fluid and very wide temperature extremes
necessary for long extensions causes practical difficulties
with sealing and heat-transfer arrangements.

In order to provide useful design criteria, an extension
of 4.0 in. was selected, giving a total temperature excur-
sion of 200°F.

Pyrodyne representatives indicated that such a device
was practical and could be expected to deliver a 30-Ib
force over its range, utilizing a specially configured cyl-
inder bore (to aid heat transfer) and a bellows hermetic
seal to ensure that no fluid could be lost in space due to
vacuum-enforced evaporation.

It was soon apparent that to assist in the all-important
rapid heat transfer on which the time response of the
device depended, the cylinder should become an inte-
gral part of the absorber/radiator system. From these
considerations, the H section body was evolved.

*Pyrodyne Division, William Wahl Corporation, Santa Monica,
California.
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This configuration (see Fig. 2), was arrived at by the
requirement to prevent any direct radiated heat flux
from passing between the two fins and bypassing the
piston assembly. As explained earlier, the volume be-
tween the two pairs of fins is filled with metallized Mylar.
Aluminized fiber glass panels are used to prevent influx
of radiant energy into the edges of the baffle matrix.

B. Orbital Considerations

The one constant necessary for good repeatability of
panel position is a relatively consistent solar radiation
flux. Variations in flux within earth orbits are unlikely
to cause position errors of a magnitude to be measurable
within normal operation. However, missions involving
planetary flybys, etc., could cause variations in solar flux
of sufficient magnitude as to require compensation to
ensure maintenance of panel orientation. One method of
obtaining adequate compensation is by the use of a
“black body” sensor.

This sensor would take the form of a suitably coated
spherical shell containing either a fluid thermal-type
actuator or a bimetallic element linked to the position
shutter so as to apply a bias relating to variations in
thermal flux. Obviously, any variations in thermal flux
would cause a variation in the steady-state temperature
of the spherical housing, thus operating the enclosed
actuator. This actuator could also operate a small sepa-
rate trim shutter on the radiator or absorber surface of
the main piston body, thereby producing the biasing
action necessary for solar flux compensation. This type
of bias would also help to compensate for any surface
degradation that might occur in orbit.

It is worth noting that in the case of a spacecraft en-
gaged on a mission involving relatively close sun prox-
imity, this variation in solar flux could be arranged to
deliberately allow the misorientation necessary to main-
tain solar panel temperatures at a reasonable level.

C. Earth Albedo and Thermal Input

Earth albedo and thermal radiation form significant
inputs to this type of system at near-earth orbits (see
Fig. 3); however, in view of the relatively rapid heat-up
rates required at low altitudes, some assistance in re-
sponse time can be gained from these inputs.

For operation at higher earth orbits, albedo and ther-

mal radiations become insignificant within normal oper-
ating tolerances.
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D. Actuator Slew Rate

About the fastest slew rate that the actuator will have
to provide will be during a 90-min ecliptic orbit. Here
the panel slew rates amount to about 4.0 deg/min.

Since the orbital height will be about 140 nmi, the
time the spacecraft will be in eclipse is approximately
36 min (145 deg), assuming a simple ecliptic orbit.

Now if the solar panel drive system is arranged such
that when the spacecraft is coming out of eclipse the
actuator body is at its coldest position but with the panel
oriented ready to receive “normal” sunlight, no rotation
of the spacecraft will be necessary to “capture” the sun
(see Fig. 4). It follows that the mechanism must be de-
signed, therefore, for one of the two possible sets of
conditions:

(1) When the spacecraft is in eclipse, the actuator
plate cool-down rate must be such that when
eclipse is completed the actuator body is at the
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Fig. 4. Actuator body orientation cycle due to eclipse

temperature corresponding to correct sun normal-
ity, or

(2) When leaving eclipse, the actuator plate tempera-
ture is such that the sensor is so positioned as to
acquire the sun within a very short time.

Since the plate is always heating up during operation,
the sensor (for this particular orbit) is always demanding
heat until eclipse is reached. At this point, the plate will
commence cool-down. It can be seen, therefore, that no
secondary systems need be applied for sun acquisition,
so long as the spacecraft is three-axis stabilized.

It should be noted that the sensor described earlier has
a nearly hemispherical view angle when misoriented (see
Fig. 1), removing the necessity for wide and narrow angle
sensors in order to achieve acquisition after maneuvering
or when on a mission demanding this capability.

This effect is useful when the spacecraft is operated in
orbits other than ecliptic (admittedly an ideal case), and,
therefore, efficient orientation throughout the seasonal
variations of orbital planes usually encountered in nor-
mal operation may be maintained.
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E. Materials and Coatings

1. Piston and body. Aluminum alloy appears to be the
logical choice of material for the body. Thermal conduc-
tivity is high for a relatively light weight coupled with
straightforward producibility. For example, alloy 6101T6
gives very good machinability with a conductivity of
100 Btu h/ftz/°F/ft (at 70°F) and quite adequate
strength. The coating of absorber surface for maximum
o/ E ratio has been provisionally selected as copper plate
oxidized in an Ebanol C solution, giving an «/E ratio
of 14.0 (0.84/0.06).

This coating is, of course, compatible with an alumi-
num base by using electroless plating or copper cladding.

The radiative surface of the block is vacuum-deposited
silver or silver plate having reflectances higher than
95%. However, in practice, protection of the surface
from sulphide spoilage (tarnishing) is very difficult ex-
cept by adding a fused silica coating. This combination
yields an o/E ratio of 0.09 and an emissivity of 0.80

‘(a = 0.07).

F. Thermodynamic Considerations

We require a rod extension of 4 in., and, at 0.020 in./°F,
a AT of 200°F becomes necessary. Selecting T, as
700°R and T,;, as 500°R and a fixed radiator area of
1 ft2, the exposed maximum and minimum absorber areas
can be computed assuming negligible temperature drop
throughout the system and become approximately 0.3 ft?
at 500°R and 0.9 ft? at 700°R. The linear position shutter
travel can be arranged to deal with nonlinear heat input
programs due, for example, to cosine law conditions of
earth thermal radiation at low orbital altitudes, by ar-
ranging a suitable reflective pattern on the absorber sur-
face, uncovered by the position shutter during its stroke.

These figures represent the area ratio based on a 1-ft
radiator; however, actual areas are really a function of
desired time response and thermal mass.

Having reached the eclipse point in the ideal ecliptic
orbit, the plate will be in the fully heated condition, that
is, at 700°R. On entering eclipse, the plate will be ex-
posed only to earth’s thermal radiation.

However, the effect of earth’s thermal radiation is neg-
ligible since the absorber surface emittance is only 0.06;
thus, maximum absorbed energy at earth and plate coin-
cidence (this radiation is subject to the cosine law) is
3.9 Btu/h/ft2,
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Fig. 5. Temperature decay of body with no internal
or external heat input

The temperature decay (see Fig. 5) of a flat surface
body with negligible heat input is expressed by

1 1/3
.= (13%) @
where
BUA Eyad To
k= —MC, 0 2
and where
T, = 700°R = initial temperature

T, = unknown = temperature at time

o = Stefan-Boltzmann constant,
0.1713 X 10-8 Btu/ft2/h/°R*

A = 1.0 ft? = radiating area
erad = 0.8 = surface emittance

6 = 0.58 (time in eclipse) = time decay, h
M = mass of body

MC, = 0445 it
C, = specific heat L (composite)
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The term MC, is a composite of the mass of heat ex-
pansive fluid and 2 Ib of aluminum alloy and the appro-
priate specific heat constants.

Substituting the values noted above into Egs. (1) and
(2), To becomes 495°R, which is very close to the 500°R
design point of the mechanism; that is, the fully cold
position.

G. Shutter Operation and Response

In order for the mechanism to operate correctly, a
part of the front face (absorber) area should be sensory
surface. Figure 6 shows a convenient sensor shutter
configuration.

REFLECTIVE
SLAT SENSOR AT
NEUTRAL
ABSORPTIVE I/4 SENSOR AREA
SURFACE ABSORPTIVE
3/4 SENSOR AREA
REFLECTIVE ABSORBING
REFLECTIVE
SURFACE SENSOR
GOING HOT
1/2 SENSOR AREA
ABSORPTIVE
1/2 SENSOR AREA
REFLECTIVE

Fig. 6. Sensor area variations

This arrangement with ¥4-in. spaces and Y4-in. slats
adds or subtracts 93 Btu/h, depending on direction of
misorientation, within 2-5 seconds of demand. This is
sufficient energy to move the actuator and panel about
1 deg in about 3040 seconds.

Obviously, to decrease this response time, more sensor
area can be arranged by redesigning the absorber surface.

IV. Applications

The device discussed in this study appears to be quite
practical for the worst-case orbit used as a model. Ob-
viously, orbits requiring lower slew rates and requiring
operation in both “going hot” and “going cold” modes are
relatively easy to design for and will cause fewer albedo
and reradiation problems than the near-earth orbits.
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It is anticipated the device will weigh 4-5 1b and cover
an area of 16 X 12 in. It is easily protected from launch
shock and vibration by means of the overtravel stops
shown in Fig, 2.

The power limitations at this time appear to be based
on the 30-Ib force actuator used, a trade-off between
light weight, response time, stroke, and temperature
range requirements. Practical limitations on the feasible
maximum and minimum temperatures include such fac-
tors as surface treatment damage, excessive material
evaporation, seal damage, and thermal distortion effects.
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Utilization of a 1.0-in.-radius torque wheel and a
6.0-in. stroke will yield plate rotations of nearly 360 deg
at a torque capability of 30 in.-Ib.

Reduction of output force requirements would allow
lower strokes, faster response, lower hysteresis, and more
conservative operating temperatures.

These trade-off suggestions are offered in order to
demonstrate the great flexibility of this design and
should serve to stimulate persons engaged in the specify-
ing of solar panel orientation systems to consider the pos-
sibility of passive thermomechanical operation.
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Mechanical Aspects of the Lunar Surface Magnetometer*

William Schwartz and William L. Nelms
Philco-Ford Corporation
Space & Re-enfry Systems Division
Palo Alto, California

Measurement of the weak -magnetic fields on the moon requires an instrument
of unique capabilities, Combined with the constraints imposed by integration
into the Apollo Program, this imposed a complex and rigorous set of problems.
This paper surveys the mechanical design of the Lunar Surface Magnetometer,
the mission and environmental requirements which determined it, and the
rationale whereby some of the problems were solved. Included are some inter-

mediate phases of development.

1. Introduction

The Lunar Surface Magnetometer (LSM), Fig. 1, is
one of the experiments comprised in the Apollo Lunar
Surface Experiments Package (ALSEP), The package
will be deployed on the lunar surface by astronauts dur-
ing an Apollo landing mission and left in operating con-
dition on the surface of the moon. The experiments are
powered by a single radioisotope-thermionic generator,
and all transmit data and receive commands through a
common communications system. '

Scientific objectives dictate the need for a three-axis
magnetometer with sensitivity of +=0.2 gamma, a range
of zero to =400 gamma, frequency response dc, to
0.27 Hz, and initial positioning within +3 deg in level
and =1 deg in solar azimuth. Capabilities include site

*The LSM was developed for NASA Ames Research Center
under Contract NAS 2-3554.
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survey of local magnetic field gradients, scientific mea-
surements in three orthogonal axes, internal calibration,
and engineering readouts of temperature, voltage, geom-
etry, and status.

Il. Mission Objectives

Observations by American and Russian spacecraft
have confirmed that the moon has no significant inter-
nally generated magnetic field. Therefore, why build
the LSM?

The LSM provides the means for obtaining several
results that are not only of great scientific value but are
impossible to achieve by other means. By examination
of the topology of the interplanetary magnetic field as it
diffuses through the moon, bounds will be set upon the
lunar magnetic diffusivity, and its electromagnetic prop-
agation characteristics will be examined, leading to con-
clusions as to its gross internal composition. The site
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survey, performed early in the mission, will investigate
the existence of magnetically retentive materials in a
sample of the lunar surface. Readings for a period of
one year will provide data including (1) magnetic radia-
tion density when the site is pointing toward or away
from the sun, and (2) the lunar response to shock waves
and discontinuities associated with the solar wind (which
generates interplanetary magnetic fields).

Another important set of results will be measurements
of the earth’s magnetic field. As the moon intercepts the
earth’s magnetospheric tail each month, sets of readings
will determine its intensity, shape, and direction. Elec-
trical currents in the magnetic plasma will also be de-
tected by determination of the vertical component of the
curl of the magnetic field; a nonzero curl will indicate
the presence of currents according to Maxwell’s equations.

lIl. Design Constraints

The LSM has three ranges of magnetic measurement:
zero to #100, =200, and +400 gammas. For compari-

son, a typical midlatitude surface reading of the earth’s
magnetic field would be 50,000 gammas. Sensitivity re-
quirements imposed on mechanical design a magnetic
cleanliness level of less than 0.2 gamma at the sensor
heads. Combined with a weight limitation of 18 1b, in-
cluding some 2600 electronic parts, magnetic require-
ments necessitated careful materials selection as well as
design configuration.

The lunar surface temperature ranges from —173 to
+133°C. However, because the electronics dictated an
operating range of —30 to +65°C, a sophisticated ther-
mal system was required. (The sensor heads, for example,
need 2-W heaters, but even these were a magnetic prob-
lem; they were made up of two coils each, wound to
opposite hand so that their magnetic fields cancel.)

Because the LSM was allotted only 10 X 15 X 26 in.
in the ALSEP storage bin on the lunar module, the
sensor arms had to be double-hinged and folded. The
resulting configuration complicated the transmission of
forces to flip and gimbal the fluxgate sensors as well as

Fig. 1. LSM deployed
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the transmission of electrical signals. These requirements
also dictated a weak structure in terms of withstanding
the stresses accompanying launch of the Apollo vehicle.

The three-arm configuration shown in Fig. 1 was dic-
tated by the necessity for the sensors to comprise an
orthogonal three-axis system. The three-foot arm length
provides sensor/sensor separation sufficient to permit
magnetic field detection among the surrounding lunar

debris and also maintains the magnetic bias of the LSM
electronics and motors within limits. The support legs
provide magnetic and thermal isolation from the lunar
surface.

Figure 2 shows the resultant electromechanical system,
called the gimbal flip unit (GFU), which includes the
three sensor head arms, the sensor heads (not shown),
and the drive and mechanical programming assemblies

Fig. 2. LSM gimbal flip unit
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which operate the drive cables actuating the fluxgate
sensors and gimbal mechanisms. Also included in the
GFU are the electrical level sensor, support legs, tem-
perature detectors, and (not shown because they are
located above the thermal coverings), a solar shadow-
graph for azimuth orientation and a visual bubble level.

IV. Operation

A description of the operations can be followed by
means of Fig. 3. The motor gearhead (1), which powers
the drive cables, is a conventional-looking size 7 instru-
ment motor gearhead, but it had to be specially devel-
oped because of magnetic cleanliness requirements,
sealing for lubrication retention through the year-long
mission in the lunar vacuum, power constraints, and
reversing and torque-limiting requirements.

In the science operating mode, readings are alternated
every 12 h with short flip-calibrate sequences. An inter-
nal LSM program schedules the activity, alternately re-
versing the motor each cycle. The motor run is timed so

(24) FOUR IDLER PULLEYS, FREELY MOUNTED —
TEFLON-COATED BEARING SURFACES

(23) IDLER SHAFT INSIDE FIRST
HINGE ON TOP OF CHASSIS

that the primary arm driver (7) moves the primary toggle
arm (8) to apply tension to the double toggle spring (11)
until it reaches a state of tension which overcomes the
restraining forces on the secondary toggle arm (10). The
secondary toggle arm then snaps away from one limiting
stop (stops not shown) to the other. Rotational motion is
transmitted through the output shaft (9) to the two inde-
pendent (end-tied) cables (22), which flip the sensor (18)
against the appropriate 0- or 180-deg stop (stops not
shown). Several other designs were considered, but fail-
safety was paramount; with this configuration, failure of
almost any single part cannot leave the sensor at a posi-
tion other than against the 0- or 180-deg stop. The LSM
can still make valuable readings if it is limited to only
one of these positions. ’

A special mechanical program is needed for the site
survey operating mode early in the mission. The LSM
starts its mission with each of the three sensor heads
gimballed to a “wrist” movement 90 deg from its later
position in order to perform the site survey, which re-
quires each arm in turn to assume the 0-deg flip position
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Fig. 3. Schematic of the gimbal flip unit
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while the other two arms have their sensors in a posi-
tion parallel to the arm being surveyed. Flip-calibrate
operations precede the site survey, but during half of
these movements the primary toggle arm (8) is not turn-
ing the detent system drive gear (3), because the electri-
cal program is reversing the motor at each actuation, and
the one-way clutch (3A) is slipping. However, at inter-
mediate actuations, the one-way clutch is turning 3, and
the gear ratios are such that this movement is 45 deg
of the 90-deg stop cam (5).

The shapes and initial positions of these cams, one on
each arm, are such that, after the initial flip operations,
the lobes of the cams program the site survey event se-
quence. First, arm X is flipped to 0 deg, and arms Y and
Z are at 90 deg. This is accomplished by cam rotation
at arm X without tripping the follower assembly (4),
whereas cams Y and Z depress 4, pulling the 90-deg stop
cable (13) against the torsion spring (15), and placing the
90-deg stop (14) in the path of the fluxgate sensor.
The survey about arm Y requires Y to be at 0 deg, but,
in order for the X and Z sensors to be parallel to arm Y,
they must be at 90 deg and Z must gimbal. To survey
the Z arm plane, Z is at 0 deg, X is gimballed and at
90 deg, and Y is at 90 deg and gimballed. Gimballing is
powered by torsion springs under each sensor head, and
the energy is released by the gimbal release actuator (6),
through the gimbal cable (12). The gimbal movement is
restrained by a stop which also maintains proper sensor
head position.

When the site survey operation is completed, the de-
tent gear (3) has been turned so that the driver (3A) no
longer engages it. Thus the 90-deg stop and gimbal are
permanently disabled. After completion of site survey,
the LSM alternates between the science and flip-calibrate
modes, which consist of sequences of 0- to 180-deg
flipping, through the year-long mission.

V. Typical Intermediate Phases of Development

The LSM went through design iterations of almost
every critical assembly. For example, prior to receipt of
Surveyor data, it was thought that launch of the Apollo
Lunar Module from the lunar surface would result in
clouds of particulate matter which would coat all hori-
zontal surfaces of the LSM, changing their thermal char-
acteristics. The first set of thermal controls therefore
consisted of shades deployed several inches above the
LSM components. Bécause results from the Surveyor
program showed that substantial LSM surface contami-
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nation with particulate matter is extremely unlikely, the
thermal design was redirected toward the parabolic re-
flector array (PRA) as shown in Fig. 4. Each of the two
PRAs consists of three thermal controlisurfaces and asso-
ciated parabolic reflectors. The thermal control surfaces
emit heat during the day, but, in conjunction with the
reflectors and sun-shades, prevent overheating. Together
with the insulation, they also prevent excessive heat loss
at night.

VL. Testing

Several test programs were conducted at various levels.
Assemblies were operated in thermal-vacuum chambers,
and other components required evaluation for magnetic
cleanliness, which was done in Mu metal flux tanks. Five
materials were tested in thermal-vacuum environments
to determine the best cable material. The visual bubble
level was an unknown quantity; no manufacturer either
knew or cared about their performance in vacuum or
extreme temperatures. It was necessary to buy the test
samples, go through qualification test cycles, dictate
modifications, and then retest the production lot.

LSM system level tests were followed by ALSEP
interface and integration tests at Ann Arbor, Michigan,
by the Bendix Corporation, the ALSEP prime con-
tractor. The test sequence was successfully completed in
December 1967.

VIl. Lunar Deployment Simulation

Astronaut deployment of the LSM also had to be inte-
grated into the design with deployment activities main-
tained within the limitations of the suited astronaut. To
release the LSM from its attach points, a simple handle
was developed, with linkages and cables to quick-release
mechanisms, so that a single pull also releases the stow-
age bracketry and foam padding shown in Fig. 4. The
LSM is hand-carried to its operating site, which, dictated
by magnetic considerations and local topography, will be
within 50 ft of the communications system. As it is
carried, a flat communications cable, permanently con-
nected at both ends, is unreeled. After locating a suitable
site, the astronaut unfolds the legs, which are positioned
by detents. The LSM is positioned in azimuth by means
of the solar shadowgraph, and then the legs are levelled
by application of a tool to the shafts of worm screws/gear
segments controlling each leg. The arms are unfolded,
the hinges being detent-controlled.
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A series of astronaut deployment tests was conducted  Viil. Conclusion
by the Bendix Corporation at Ann Arbor, Michigan,
and by the National Aeronautics and Space Administra- The LSM program reached state-of-the-art levels in
tion at the Manned Spacecraft Center at Houston, Texas, = magnetometer design, materials applications, and in me-
in facilities simulating the lunar surface. These tests chanical and thermal analyses. Many specialists contrib-
identified the requirements for several design and opera-  uted their expertise, and a close correlation between
tional changes. analytical and test results was achieved.
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Torsionally Rigid and Thermally Stable Boom*

F. C. Rushing, A. B. Simon, and C. I. Denton

Westinghouse Defense and Space Center

Aerospace Division

Baltimore, Maryland

The Torsionally Rigid and Thermally Stable boom uses a unique pattern of
windows or perforations, in combination with selected thermal coatings on both
inside and outside surfaces, to produce equal thermal distortions on opposite
sides of the boom in sunlight and therefore eliminate thermal bending. A typical
boom is made of 0.002-in.-thick beryllium copper and is Y in. in diameter. An
interlocked seam maximizes torsional and bending rigidities and makes them more
predictable. A special deployer has been developed for the boom. Production
facilities have been set up, and the boom is now in the flight qualification state.

I. Introduction

Long erectable tubular members (booms) for space
applications are required to be immune to sunlight influ-
ences on thermal bending, while possessing a maximum
of bending and torsional rigidity. Such erectable mem-
bers are commonly stored in a cylindrical roll and are
deployed and retracted on command.

The erectable boom has been particularly applicable
in space, where small stored volume and light weight are
desirable. Furthermore, in gravity-free space flight, a
low-strength, low-rigidity (by earth standards) boom has

*Information for this paper was developed on NASA contracts
NAS 5-9598 (Westinghouse G. O. 51340) and NAS 5-10130
(Westinghouse G. O. 51360).

3rd AEROSPACE MECHANISMS SYMPOSIUM

filled a need for antennas and gravity-gradient attitude
control systems. However, thermal bending and rigidity
characteristics have presented serious limitations. In an
effort to.overcome these limitations, the torsionally rigid
and thermally stable boom has been developed by the
Westinghouse Defense and Space Center for the NASA
Goddard Space Flight Center.

Il. Design Principles
A. Thermal Design

The geometric and thermal configuration of this boom
controls the rate of absorption of heat on opposite sides
of the boom, thus producing equal thermal expansions
on opposite walls and avoiding thermal bending. This
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condition is required for all incident angles of the sun.
Although the amount of heat absorption changes with
the sun’s angle, it produces no adverse effects as long
as the relationship from side to side is maintained con-
stant. The required thermal stability is achieved by (1) a
pattern of windows or perforations in the boom and
(2) coatings of different absorptivities on the inside
and outside surfaces.

1. Window pattern. A unique window pattern (Fig. 1)
is used to produce the same proportionality of inside to
outside exposure for all incident angles of the sun. The
pattern consists of small circular holes arranged in a
double helix pattern. One helix is a left-hand “thread”
with a very large lead angle, and the other (intersecting)
helix is a right-hand thread with a small lead angle. The
holes are kept small to minimize stress concentrations
and thermal resistance and maximize bending strength.
With this pattern, the incremental lengths which experi-
ence the equal exposure ratio can be controlled by the
helix angles. Increments less than 1 in. long have been
found to be practicable. The window pattern is disrupted
by the seam, since there is an overlap of about 30 deg,
but the disruption is minimized by having holes in the
overlapping tabs and by having the tabs bear hard
against adjacent sides of the seam.

2. Coatings. Regardless of the amount of material
removed by the holes, the side of the boom nearest the

Fig. 1. From left to right: chemically milied strip; boom
with double helix window pattern; boom showing
joined seam; and detail of seam joining

140

sun (the front side) is completely exposed to the sun,
whereas the back side is always partially shadowed by
the front side. In order to absorb the same amount of
heat on the back side, the inside surface is given a higher
absorptivity than the outside surface.

Moreover, to minimize the cut-out area of the tube
wall, the absorptivities inside and outside need to be as
widely different as feasible. If the outside is covered
with a low-absorptivity coating, the amount of heat
involved for either side can be reduced, and thus only
small perforations are required to allow sunlight to fall
on a high-absorptivity surface inside. As a rough rule of
thumb, the ratio of absorptivities outside to inside is
equal to the fractional area of wall cut out for windows.
Practically, it can be as low as 8 to 15%. By using win-
dow areas on the high side of this range, or even higher,
the use of extreme and difficult-to-maintain surface
absorptivities can be avoided.

To meet the requirements described above, a beryllium
copper alloy with an aluminum coating vacuum-deposited
on the outside and a dark oxide coating on the inside is
used for the boom and gives attractive results. Solar
absorptivities of these coatings are approximately 0.12
and 0.85 respectively. The reflection from the outer sur-
face is predominantly specular, and that from the inner
surface is diffuse. The proportion of holes to solid wall
is adjusted to be compatible with these coatings.

B. Seam Design

The edges of the strips from which the boom is formed
have V-shaped notches, and the tabs between the notches
of each edge alternately go inside and outside of tabs on
the opposite edge. The tabs that go inside are given a
slightly inward curvature in advance. Thus, as the seam
comes together, the curved tab passes under its mating
uncurved tab (Fig. 1).

The shapes and spacings of the V notches can be con-
trolled to predetermine the amount of backlash in the
seam under the longitudinal shearing action which
accompanies torsion. The backlash can be varied from
0 deg up to 20 deg or more per foot.

The number of Vs per unit length affects the torsional
rigidity and strength of the boom. A spacing of 34 in. has -
been found feasible for a 1%-in.-diameter gravity gra-
dient boom.
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The seam can be circumferentially preloaded. By form-
ing the boom to a smaller diameter than-its working
diameter, the seam is held together by elastic strain in
the boom. For a %-in.-diameter boom, a formed diam-
eter of 0.4 in. produces an attractively tight seam.

Because of the seam tightness and the hard bearing of
the tabs against the opposite edges, coulomb friction is
produced for any torsional backlash that is built into the
boom. Friction torques in the range of 2 to 3 oz-in. have
been measured under laboratory ambient conditions.

lll. Thermal Bending Analysis

While elimination of thermal bending is the sole pur-
pose of the hole pattern and thermal coatings, the
achievement of exact relationships is required for opti-
mum results. If the optimum is not achieved, the radius
of curvature can be analytically computed using the
following assumptions:

(1) The window pattern distributes the radiation to the
back side uniformly regardless of boom orientation.

(2) The temperature variations along the boom’s sur-
face at any instant are small (say 10°F) so that
every element radiates about the same amount of
energy.

(8) The inside surface coating reflects diffusely (ac-
cording to Lambert’s cosine law).

(4) The conductivity across the seam is the same as
elsewhere.

The first three assumptions have been easily justified.
In the case of the fourth, the actual conductivity across
the joint is relatively good because of the elastic forces
pressing the interlocking tabs of the seam together; fur-
thermore, analysis has shown that the effect of even zero
conduction across the seam is relatively small.

The equation for the curvature of the boom due to
thermal bending is derived as follows:

(1) The heat balance for a differential strip running
the length of the boom is obtained. This includes
radiation from the sun, radiation to space, and in-
ternal reradiation and reflections.

(2) Step 1 leads to an equation giving the temperature
distribution around the boom.

3rd AEROSPACE MECHANISMS SYMPOSIUM

(3) The strain energy due to the thermal gradients is
minimized when the boom is allowed to bend.
Therefore, the curvature is found by writing an
expression for the strain energy due to bending
and thermal gradients and finding the curvature
required to make it a minimum.

The curvature thus found is given by

1 _ er],

R, o2k’t

(1= Ay) (@, — Apes) sin 6, 1)

where

R, = radius of curvature due to solar irradiation

e = coefficient of thermal expansion of boom
material

r = radius of boom
J. = solar radiation flux

kK’ = effective conductivity of boom material consid-
ering effect of hole pattern

A, = fractional window area of holes
a, = solar absorptivity of outer surface
«; = solar absorptivity of inner surface
6, = angle between boom axis and solar flux
t = constant wall thickness

Thermal bending can then be eliminated, in theory,
by choosing the window area so that

Ay == @

o

In case a,, a;, and A, are not related according to
Eq. (2), Eq. (1) can be used to predict the curvature of
the boom.

For near-earth orbits, the infrared radiation from the
earth can also cause bending, although this energy is an
order of magnitude less than the sun’s. Equation (1) is
still applicable for predicting this curvature, except that
the terms J,, a,, a;, and 8, must be changed to similar
terms for earth radiation instead of solar radiation.

The principles described in this paper are applicable

to a wide range of boom diameters such as are required
for space applications. Theoretically, Eqs. (1) and (2)
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apply, and where Eq. (2) is not satisfied, there will be
thermally induced bending. The curvature will be pro-
portional to r/t, which is approximately independent of
size. The result is that for larger-diameter booms the
practical length will still be limited to that of existing
small-diameter booms if it is based on the criterion of
straightness.

IV. Strength and Rigidity Analysis
A. Bending

Tests have been conducted on existing patterns with
window areas ranging from 15 to 50%, and an empirical
relationship that closely predicts the average bending
strength is

Mo = (S5 ) M ®

where
M., = bending strength of boom with hole pattern
S = hole spacing
D = hole diameter

M,.» = buckling moment for a solid-wall tube

The bending strength for the Westinghouse %-in.-
diameter beryllium copper boom with 15% window pat-
tern is about 8 in.-lb. Equation (3) is shown plotted in
Fig. 2.
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Fig. 2. Bending strength of booms as a function of A,
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B. Torsion

The shear strength of the seam determines the tor-
sional strength for most applications. The shear strength
of the seam is dependent on the number of interlocking
tabs per unit length because the torsional mode of failure
begins with compressive buckling at a tab. By increasing
the number of tabs per unit length of boom, the tab is
strengthened by being shortened and the shear load
is distributed along more tabs.

For a current Westinghouse design of a %%-in.-diameter
boom with a tab length of 34 in., the specified torsional
strength requirement was that it exceed 16 in.-oz. This
requirement was exceeded by booms with window areas
ranging from 15 to 50%. The boom with a 15% window
area successfully carried over 50 in.-oz of torsional load.

V. Deployer

The deployer, shown in Fig. 3, provides positive drive
both for extension and retraction and contains a simple
mechanism for joining the seam. The model shown was
made for a special application of a 150-ft-long, Y2-in.-
diameter boom. The end connection was provided for an
8-1b tip mass. It is a compact, rugged design which has
successfully withstood vibration testing at space qualifi-
cation levels.

VI. Production

Production facilities available for the booms are spe-
cifically adapted to Y%-in. beryllium copper booms up to
200 ft long and can be modified for greater lengths and
diameters. The window pattern and the edge Vs are pro-
duced by chemical milling. Figure 1 shows a chemically
milled strip.

VIil. Conclusions

" A method of minimizing the thermal bending of long
tubular members has been developed and applied in the
development of the torsionally rigid and thermally stable
15-in.-diameter beryllium copper extendible boom for
NASA Goddard Space Flight Center. This boom employs
an interlocked seam to yield improved torsional rigidity
and strength. A flight model deployer has been built and
tested. This deployer and boom development can lead to
new space applications where longer booms with im-
proved strength and straightness are needed.
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Fig. 3. Deployer for 150-ft-long boom, with provision for tip mass
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A Torsion Wire Damping System for the DODGE Satellite™

Darnley M. Howard
The Johns Hopkins University
Applied Physics Laboratory
Silver Spring, Marylond

The torsion wire damper developed for the Department of Defense Gravity
Experiment satellite is described. The damper, which was designed by the
Applied Physics Laboratory of The Johns Hopkins University, incorporates two
separate damping devices: an eddy current damper and a hysteresis damper. The
torsion wire suspension system and caging mechanisms used are described in
detail. The damper has operated in space since July 1, 1967.

I. Introduction

The Department of Defense Gravity Experiment satel-
lite (DODGE) was launched on July 1, 1967. The
primary objective of the satellite was to demonstrate
that gravity-gradient stabilization is achievable at near-
synchronous altitudes. It was designed to investigate 2-
and 3-axis gravity-gradient stabilization using a variety
of libration damping techniques in determining correla-
tion between theory and experiment. The torsion wire
damper is a component of one of these systems.

The torsion wire damper provides a suspension system
of variable moment of inertia, coupled to the spacecraft
body by a weak spring. The natural frequency of this
system is such that maximum coupling between modes is
achieved. Two separate experimental passive magnetic

*This work was performed for the Department of Defense under
U.S. Navy Contract NOw62-06804-C.
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devices are used to dissipate the energy of the system.

The dampers are adjustable in space, upon command
from earth.

References 1, 2, and 3 describe theoretical analyses
of torsion wire damping systems. Reference 4 analyzes
gravity-gradient stabilization at synchronous altitudes
and Ref. 5 describes the DODGE satellite. The overall
design and performance of the torsion wire damper are
described in this paper.

ll. Design
A. Generdl

The torsion wire damper is mounted in a mast that
protrudes from the main body of the DODGE satellite

(Fig. 1). The damper consists of the torsion wire suspen-
sion system with two extendible boom mechanisms (with
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Fig. 1. The DODGE satellite, showing the damper assembly and booms
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end masses attached), each of which is mounted at
180 deg with respect to the other and extends through
slots cut in the mast. The delicate (0.003-in.-diameter)
torsion wire provides an essentially frictionless suspen-
sion as well as a restoring torque that causes the damper
booms to seek a rest position when the satellite is at rest
under gravity-gradient stabilization. The spring constant
of the wire is 85 dyn-cm/rad.

The boom mechanisms on DODGE are DeHavilland
Model 5480F1-11 Motorized STEM units, with 2-in.-

diameter, 2-mil-thick beryllium copper boom tape, silver
plated on the outer surface with a reflectivity of about
0.90. A boom mechanism with end mass in the launch
position is shown in Fig. 2. Maximum extension capabil-
ity of the damper booms is 50 ft. Other booms on
DODGE have a maximum length of 150 ft.

B. Torsion Wire Suspension System

The torsion wire suspension system consists of two
extendible booms suspended between two fine wires

INCHES

Fig. 2. Boom mechanism with end mass
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which act as a torsion spring. The boom mechanisms are
mounted side by side in a single housing so that the
booms deploy in opposite directions. The entire damper
system, including the suspension system, is shown in
Fig. 3.

The torsion wires are steel music wire, 0.003 in. in
diameter. The ends of the wire are held in tapered chuck
grips machined from soft brass. Considerable care was
given to the design of the grips to minimize stress con-
centrations which could result in fatigue failure of the
wire during launch, These grips react all of the bending
moment and all of the torsion load from the wire and
most of the tensile load. The wires are secured to the
rear of the grip with solder and are attached to the space-
craft body through soft leaf springs which allow a small
axial movement of the damper assembly without damage
to the wire. Limit stops are provided so that the damper

assembly will strike a stop when moved in translation
1/16 in. in any direction from its center position. By the
use of two nuts which lock the grip on the leaf spring, a
wire tension of about % 1b was obtained.

The rest position of each wire was determined by
aligning each end in a special fixture as the wire hung
free. The grips were marked so that this alignment could
be maintained when the wires were installed in the
damper assembly.

€. Caging Mechanisms

There are two separate caging mechanisms. The first,
which provides protection to the entire torsion wire
damper during the launch environment, is called the
launch lock. The second, called the orbit lock, was de-
signed to prevent oscillation of the torsion wire system
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Fig. 3. Drawing of the torsion wire dampér assembly
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in orbit on command. Both locking systems are operated
from a common shaft driven by a hysteresis synchronous
motor with a gearhead whose output shaft turns at 1 rpm.

The launch lock operates from one end of the suspen-
sion system. The other end is captured by moving the
suspension system off center and seating it in a tapered
seat. The launch lock itself consists of two semicircular
clamp halves hinged at one end (Fig. 4). These clamp
halves secure a cylinder which is an integral part of the
damper boom housing. In the locked position, the clamp
halves are closed and held with a pin, Two flats on the
clamp halves and the cylinder prevent rotation of the sys-
tem, and two cleats mounted on the cylinder bear upon
the clamp halves when locked to prevent the assembly
from backing away from the tapered seat.

LOCKING @ ©
PIN

LAUNCH
LOCK CLAMPS

: TELLTALE
@ MICROSWITCH

Fig. 4. Launch lock clamping system
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The release mechanism is essentially a spring-powered
pin puller (Fig. 3). When the pin is in place, ie., holding
the clamp halves in the clamped position, the spring is
fully compressed and held in place by a check ball which
in turn is restrained by a cam. When the cage motor is
started, the cam rotates, releasing the ball, which is then
forced out of its seat by the spring. The release mecha-
nism is thus triggered and the spring withdraws the pin.
Another spring on the clamp halves forces them apart
once the pin is removed and the unlocked condition is
achieved.

The launch lock was designed as a single-function de-
vice. The lock is set- manually before launch or test. Once
released, it serves no further function and can only be
reset manually.

The orbit lock consists of a plunger which, upon actua-
tion, applies a lateral load to the torsion damper assem-
bly, pushing it against the limit stop. The plunger is
actuated toward the lock position with a cam. A return
spring allows the plunger to follow the cam away from
the lock position. The cam is mounted to the output shaft
of the same motor gearhead combination described
above. The head of the orbit lock has a hemispherical
tip which is designed to seat in a hole in the torsion
damper assembly. The seat enables the lock to cage the
damper at an angle of 0 deg. The seat is tapered so that
the lock will cage at 0 deg from a position of +3 deg.
The cam actuates the plunger through a spring which is
designed to prevent jamming, to allow the cam to com-
plete its rotation, and to permit the lock to operate
whether or not the plunger is in the zero-position hole.
The orbit lock can be used repeatedly.

D. Electrical System

All the motors on the DODGE spacecraft are hysteresis
synchronous motors with appropriate gearheads to pre-
clude the necessity of commutator brushes or hermetic
sealing. The motor and gearhead bearings use dry lubri-
cant for long life in the space environment. The power
source is 31-V, 400-Hz square wave, and all boom mech-
anisms and the caging mechanism are powered in this
manner.

Electrical connections to the damper booms had to be
made in such a manner that no friction would be intro-
duced to the suspension system. This was accomplished
by transformer coupling (Fig. 3). The primary winding
and core of the transformers are mounted rigidly to the
satellite structure, whereas the secondary winding is
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mounted on the suspension system and rotates with it.
There is no mechanical contact between the primary and
secondary. There is an additional transformer for the
telemetry signal which monitors boom length. Using
this system, the booms may be operated with the suspen-
sion system at any angle, and with the suspension system

locked or unlocked.

E. Angle Sensor

The suspension system is provided with an angle-
sensing device which continuously reads the angle of the
suspension system relative to the spacecraft axes. A thin
fan-shaped member is attached to the suspension sys-
tem. Slots etched in the fan form a binary gray code. The
sensor, which is rigidly attached to the spacecraft, is a
digital device made up of a row of six photo-emitters
with photo-transistors as detectors. The detectors sense
light which passes through the slots in the moving fan.
The output of each detector provides angular position
data with a resolution of 1.2 deg.

lll. Damping Systems

The torsion wire damper assembly incorporates two
separate damping devices: an eddy-current damper and
a hysteresis damper.

A. Eddy-Current Damper

The eddy-current damper consists of a copper vane
that moves through the field of a chargeable horseshoe
magnet. While the satellite is in orbit, this magnet can
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be magnetized between zero and full magnetization by
discharging a condenser through an electrical winding
about the magnet. A Hall-effect detector determines the
flux level of the field and is calibrated as an indicator of
damping constant. By varying the level of magnetization,
the damping constant can be varied from zero to the
limit of the system.

B. Hysteresis Damper

A second damper in the assembly uses magnetic hys-
teresis as a means of damping. An electric coil surround-
ing a strip of high-hysteresis-loss magnetic material
creates, by command from earth, different magnetic field
levels, including zero. The energy of motion of the
damper is dissipated by hysteresis loss in the magnetic
material.

IV. Flight Experience

The torsion wire damper assembly is shown in Fig, 5.
The launch caging system performed its function, which
was to protect the damper during launch, and upon com-
mand was successfully released. The booms have been
used many times and, as of this writing, all portions of
the torsion wire system are operating as designed. The
one aspect of the damper that did not function as de-
signed was the torsion wire alignment, The rest position
of the suspension system is not zero but is biased toward
one side. All the causes of this bias are not known, but
mechanical misalignment may be a contributing factor.
On future spacecraft using this system, a more precise
method of alignment will be employed.
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Introduction to Rolamite

J. P. Ford

Sandia Corporation
Albuquerque, New Mexico

Rolamite is a recently invented low-friction suspension system which appears
to have applicability to many military and aerospace devices. This paper elabo-
rates on some of the features of rolamite and its probable applications.

I. Introduction

Rolamite was invented early in 1967 by Donald Wilkes,
a Sandia Corporation engineer, while he was investigat-
ing suspension systems for microminiature components.®
It was announced publicly in October 1967.

Il. Principle of Operation
A. Components

Rolamite is basically a low-friction suspension system
which appears to have great applicability. In its most
basic form, rolamite consists of two rollers which, for the
time being, we will say are cylindrical and whose sur-
faces are fairly smooth (Fig. la). A flat metal band is
intertwined in an S-shaped loop around the rollers — and,

‘Wilkes, D. F., Rolamite: A New Mechanical Design Concept,
SC-RR-67-656. Sandia Laboratories, Albuquerque, N. Mex., Oct.
1967.
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for now, we will say that the band is of even width
and thickness and is resilient enough to prefer to stay flat
if it could (Fig. 1b).

We add a guideway which, for the present, we will
assume has smooth, parallel inner surfaces. The guide-
way serves to position the rollers with respect to each
other, provides something to anchor the band to, and
provides surfaces for rolling (Fig. 1c). Without the ends
of the band anchored, the elements would appear as they
do in the top of Fig. 1d. When we apply tension to the
band and fasten its ends, the rollers assume the typical
rolamite configuration.

B. Cluster Movement

In this configuration, the roller cluster can move freely
back and forth in the guideway, as shown in Fig, 2a.
And, for reasons which we will soon see, it moves with
remarkable ease.

153



ROLLERS
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ROLLERS

Fig. 1. Basic components of rolamite: rollers, band, and guideway

As the cluster moves between the parallel guide sur-
faces, the rollers maintain the same angle of repose as
when we first tensioned the band (Fig. 2b). Also, as the
cluster moves, the rollers counter-rotate. Moving from
left to right, the upper roller is “reeling in” band as it
moves, and passing it to the lower roller where the two
meet, while the lower roller is simultaneously “reeling
out” band at the bottom (Fig. 2c).

If we look more closely at this action, we see that all
mating surfaces are moving in unison (Fig. 2d). Around
the top roller, from A to B, roller and band have the same
velocity. Both rollers and band are at equal velocities at
B, and so on from B to C. The flat portions of the band,
of course, are against the guide surfaces and are not
moving. There is no sliding of surfaces in the system,
hence no sliding friction. The only friction present is
rolling friction, and it is very slight. Tests have shown
that coefficients of friction an order of magnitude better
than the best ball or roller bearings are possible with the
rolamite geometry and are on the order of 0.0005.

Curiously enough, even this small amount of friction
improves with the use of rolamite, because all parts re-
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mate precisely in use, including the surface imperfec-
tions which wear down or are accommodated. Figure 2e
shows this feature —as the cluster moves from left to
right, the black points on the rollers and white A on the
band will move, while white C remains stationary. If we
rolled the cluster back to the left, all points would re-
align exactly as they were at the start.

Because the rollers have both rotation and linear move-
ment, points on the rollers and band follow a cycloidal
path in moving (Fig. 2f). This feature is important to an
understanding of the rolamite movement, and it forms
the basis for some useful functions. For instance, a dial
indicator or speedometer could make use of this inherent
rolamite feature because of the long cycloidal motion
obtainable with a small movement of the roller cluster.

Because there is no sliding friction, most rolamites do
not need to be lubricated. And because of surface remat-
ing, as we have just seen, they improve with use while
operating entirely dry. They are especially valuable in
low-pressure applications. Tests have shown, however,
that the application of dry film lubricants will lower the
coefficient of friction even further.
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Fig. 2. Cluster movement and cycloidal action of rolamite
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Ili. Force Generation
A. Force Exerted by the Band

Figures 1 and 2 illustrate how the basic parts of
rolamite go together and how this achieves virtually fric-
tionless rolling and other inherent features. Other features
that can make rolamite versatile for the designer include
its built-in capability to produce mechanical forces.

Let’s look for a moment at the band (Fig. 3a). Remem-
ber that the band is resilient; it prefers to stay flat. If we
loop such a band, the bending causes some elastic energy

to be stored in it. In this shape the S can be made to
move freely along the distance between the bands, much
as the rolamite cluster does in a guideway. The band
does not prefer any one position over another.

However, if we weaken the band, as we have done by
narrowing it at the arrow in Fig. 3b, the movement is no
longer free. As shown, the stronger lower portion will
flatten out and try to draw the weakened point into the
loop of the S. When this happens, a force is exerted
toward the right hand, and an opposite force would be
required to move the S back toward the left hand.

Fig. 3. Force generation by means of the rolamite band
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Rolamite operates in much the same way, except that
we have the rollers and guideway to consider. Because
of them, the only pertinent energy is what is stored in
the curved band between A and C. In the position shown
in Fig. 3¢, the weakened area at the arrow, being outside
the area between A and C, would not exert a force to
influence cluster motion.

However, if we move the cluster to the right far
enough to bring any part of the weakened band portion
into contact with line A, the band will exert a force
which will move the cluster to the right until the weak-
ened portion has passed A and is wound around the top
roller (Fig. 3d). Conversely, if the weakened portion of the
band were at C, a force would be generated to the left.

This is true because of the elastic strain energy in the
band between points A and C. The energy is introduced
in the band at C when the flat band is forced to assume
the curvature of the roller, The amount of strain energy
developed in the band is a function of the stiffness of
the band material, the diameter of the roller, and the
thickness and width of the band.

When the band is the same width at points C and A,
the strain energy developed in the band at point C is
released within the band at point A; hence there is
equilibrium and no forces are generated. By narrowing
the band at point A, this equilibrium is destroyed. The
excess energy may be considered as a force acting at
the roller centers, causing the cluster to move to the right,
or accelerate motion to the right if the rollers are already
moving in that direction. Equilibrium is again reached
when the width of the bands at A and C are equal
(Fig. 3e).

The force generated may be expressed as follows:

_E# (c—q)
T4 ¢

where
F = force generated
E = modulus of elasticity of band material
t = thickness of band
¢ = width of band at C
a = width of band at A

+ = radius of roller
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B. Alteration of Forces

There are several ways we can alter the band to
create forces (Fig. 4a). What we have shown in Fig. 3
is the edge cut. We prefer the cutout method where the
outside width is constant and the band is weakened in-
ternally. The tapered band is an excellent method .of
producing constant force deflection curves. The pre-
formed band can be used to produce forces when band
width cannot be reduced; for example, when it is desir-
able to carry electrical conductors in the band.

Figure 4b shows the force-deflection curve produced
by a diamond-shaped cutout in the band. If the lead of
the diamond were under point A, a force and motion
would be produced to the right, and the maximum
force would be attained when the widest part of the
diamond was at point A. The force deflection curve for
a diamond configuration is shown.

Change the shape of the cutout (Fig. 4c) and you
change the shape of the force deflection curve. The pos-
sible shapes are endless— we show three here: a constant
level, a negative spring constant, and a declining step
function.

Figures 4a~c have shown how we can produce a force
deflection curve with cutouts at one roller. Figure 4d
shows a band with two cutouts, arranged so that as A
completes passing through the top roller cutout, C begins
to pass through the lower roller cutout. With the same
direction of motion as before, the A cutout would accel-
erate the cluster, while the C cutout would decelerate it.
Basically, what we are doing with these forces is tailor-
ing the inertial behavior of the cluster mass without
adding parts. This is an extremely useful property in
many mechanical and electromechanical devices, particu-
larly those that must be very small, yet sensitive and
simple.

IV. Special Configurations

Aside from force generation, the band can be useful in
many other ways —for instance, in carrying electrical
conductors, as shown in Fig. 5a. Using conductive and
nonconductive layers, this band works with the rollers to
provide two normally open and two normally closed cir-
cuits, as in an inertially actuated switching device.

The rollers can also be varied in many ways useful to

the designer. The first five shown in Fig. 5b are just a
few; each will provide distinctive rolling properties in
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Fig. 4. Types of force generated by band alterations

any given band and guideway configuration. The sixth
is an illustration that will not roll properly.

The guideway can also be modified to provide certain
design features such as a recess in the surface or a wedge
for detenting actions (Fig. 5¢). Expanded and curved cross
sections may also be used for specific design functions.

We can also alter and add parts in other ways. We
can add springs and actuators in various places; cut tabs
and tongues in the band for braking and rubbing; and
add more sets of rollers and bands, or just more rollers,
as shown in Fig. 5d.

Finally, we believe it is possible to develop rotary
bearings which would operate with much less friction
loss than conventional bearings, by applying the rolamite
principles in a circular guideway (Fig. 5e). However,
band fatigue is of great concern in high-speed, long-life
rotary applications.

V. Capabilities

Basically, rolamite is a suspension system—a technique
for suspending and guiding a moving mass with very
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little friction loss. From this and its inherent properties,
our engineers have developed a list of some 54 subcapa-
bilities, as listed in Table 1.

Table 1. Some functional capuabilities of rolamite

1. Force 19. Seal 37. Generate motion

2. Detent 20. Lock 38. Release energy

3. Latch 21. Set 39. Amplify force

4. Align 22. Wind 40. Change speed

5. Disrupt 23. Breakaway 41. Change torque

6. Sq 24. Seq 42, Commutating

7. Insert 25, Record 43. Solenoiding

8. Pump 26. Limit 44. Thermostating

9. Damp 27. Fuse 45, Combined sensing

10. Clutch 28. Counterbalance 46. Potentiometric

11. Decouple | 29. Trigger 47. Direct doublie integrating

12. Brake 30. Sear 48. Fluid resistor regulating

13. Readout | 31. Calibrate 49. Programmed fluid resistance

14. Display 32. Switch 50. Tensile changing (such as

15. Animat 33. Actuate pressure straining)

16. Contact 34. Regulate pressure | 51. Normal force variation

17. Cut 35. Regulate flvid flow | 52. Sliding friction dissipation

18. Adjust 36. Regulate speed 53. Viscoelastic restraining
54, Escapement action
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Fig. 5. Special configurations of band, rollers, and guideway
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V1. Applications

Some potential uses for rolamite in aerospace applica-
tions are shown in Table 2.

To help translate some of these inherent features and
capabilities into operating devices, three examples are
shown in Fig. 6.

The first is a sheet metal cutter (Fig. 6a). This cutter
uses a tight, high-angle configuration for mechanical ad-

Table 2. Potential space applications of rolamite

G-Switches
Accelerometers

Velocimeters

Commutators
Actuators

Firing pins

Sensors Transducers for:
Odometers pressure
Antitampers velocity
Pullouts distance

Time delays referencing
Fuzes recording
Sequencers force

vantage and a direct stepup in roller diameters to am-
plify the force of the driver. The material is fed in at the
top (A), a blade (B) cuts the material against a crossbar
(C) when the cluster is driven forward by the downward
pulling of the hydraulic driver (D). A spring attached to
the rolamite band would return the cluster after cutting.
The absence of gearing and journals would make the
device inexpensive.

Figure 6b shows an accelerometer for defense and
aerospace applications. Two variable-resistor elements
(A) are shorted together by the upper roller (B) as the
cluster moves in an insulated housing (C) when the en-
tire unit is accelerated. The force of acceleration is coun-
terbalanced by an opposing force created by the band
cutout (D). Acceleration is measured as a function of
differences in voltage drop across the two resistors as
the upper roller changes their effective length.

In Fig. 6¢c is shown a thermostat using rolamite. In this
device, a conductive bimetal band would have a high-
expansion metal (A) and a low-expansion material (B).
As temperature increased, the cluster would move to the
right and out of contact with the end of the temperature

Fig. 6. Some representative applications of relamite
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selector screw (C) to open the circuit and shut off the
furnace. As the room temperature cooled, the band cut-
out (D) would return the cluster to the contact at C and
turn the furnace on again.

Regarding the patent status of rolamite, pioneer pat-
ents on the basics of the device and on several applica-
tions have been applied for by the Atomic Energy
Commission. On written request, the AEC grants non-
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exclusive royalty-free unrevokable licenses on the U.S.
patents on which it has the right to grant licenses for
manufacture, sales, and use. Patents may be applied for on
a specific application or design of rolamite on which a
patent has not already been applied for. More specific
information on the patent status of rolamite may be ob-
tained by writing Mr. Roland A. Anderson, Assistant
General Council for Patents, US AEC, Washington, D.C,,
20545.
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Nonmagnetic, Lightweight Oscillating Actuator

Dennis K. McCarthy
NASA Goddard Space Flight Center
Greenbelt, Maryland

The mechanism described provides a means of multiple indexing of a sensor
t0 90 deg =15 min. The resulting permanent magnetic field, the power consump-
tion, and the weight of the device are very low. The problems that were encoun-
tered in development and the results of the successful operation of the device in

three spacecraft are presented.

I. Introduction

An essentially nonmagnetic indexing device was re-
quired for in-flight calibration of three orthogonal fluxgate
sensors of the magnetometer experiment on Explorers 33,
34, and 35. The calibration, which determines the inher-
ent drift in the sensors, is performed by periodically ro-
tating the magnetometer sensors by 90 deg.

The magnetometer was designed to measure the inter-
planetary magnetic field in earth and lunar orbits. The
intensity of the magnetic field in these regions is below
l0y; thus, it was essential to minimize the permanent
ield of the mechanism in order to measure the drift in
‘he magnetometer.

The novelty of the mechanism resides in the use of a
1onmagnetic thermal actuator to provide oscillatory mo-
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tion operable under varying environmental temperatures
(—35 to +70°C) in a vacuum for a long period with a
high mechanical output-to-weight ratio for low power
consumption. This paper describes the mechanical and
electrical functions of the design which evolved, as well
as the problems encountered. It concludes with an eval-
uation of the objectives achieved and suggests other ap-
plications for this device.

ll. Objective
The objective was to develop a device which would

(1) Have a permanent magnetic field (when power
was not being applied to the heater) less than
0.25y at 3 in,

(2) Rotate 90 deg =15 min of arc,

163

Preceding page blank



(3) Have a minimum capability of 500 cycles.

(4) Rotate the sensors within 10 min (the on time allo-
cated for calibration of the sensors).

(5) Require less than 3.75 W (2,250 W-s) during
actuation.

(6) Have a weight less than 0.5 1b.

(7) Fail-safe, i.e., the magnetometers must not stop in
any position other than 0 or 90 deg.

(8) Operate within the temperature range of —35 to
+65°C.

(9) Operate in a vacuum for at least 1 year.

THERMAL
ACTUATOR
HOUSING

lll. Design

In selecting a design approach, other methods were
considered: conventional indexing devices such as elec-
trical stepping motors and solenoids were eliminated
because of their inherent magnetic fields; a spring-
powered, explosive-actuated, bistable escapement device
is feasible but affords a limited number of actuations;
and a bimetallic mechanism is entirely feasible and work-
able but it did not produce enough force to rotate three
sensors as configured.

The oscillating mechanism employing a thermal actu-
ator was adopted because the device could be made en-
tirely of essentially nonmagnetic materials and it afforded
a high ratio of mechanical output to electrical power at
low weight and volume.

PLUNGER

ER-CENTER
SPRING

Fig. 1. Oscillating actuator assembly
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IV. Mechanical Operation

The mechanism is shown in Fig, 1, and Fig. 2 is a
sectional view showing the basic components. The me-
chanical operation is as follows: Electrical power is
applied to a resistance heater plated on the thermal
actuator (pellet), which is a paraffin-filled housing with
a rubber boot and piston. The heater melts the solid
paraffin, causing a volumetric increase of 10% which
raises the internal pressure to 2,000 psi. This pressure on
the rubber boot causes it to push on the conical tip of the
piston, forcing it outward. The piston pushes against a
rocking beam attached to a series of gears which rotates
the sensors. The over-center spring provides a fail-safe

OVER-CENTER SPRING

@ ROCKING BEAM
S
FRESY

PISTON

ON-OFF
MICROSWITCHES

PISTON RETURN
SPRING

BACK-OFF SPRING
THERMAL ACTUATOR (PELLET)
Fig. 2. Basic components of the actuator

OVER—CENTER SPRING

ROCKING BEAM

PISTON

ON-OFF
MICROSWITCHES
OFF—CENTER

SPRING

INITIAL POSITION
AFTER ACTUATION

M\
[/
I ‘2
\ FINAL POSITION

AFTER
COOL~DOWN

Fig. 3. Basic operation of the actuator
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operation, in that it allows the sensors to be only in either
of the two desired positions when the electrical power is
terminated, as shown in Fig. 3.

Once the mechanism has rotated the sensors within the
allowable 10-min time duration, the remaining electrical
power input and mechanical power output is dealt with
by allowing the pellet to float between compression
springs. After the piston has rotated the sensors, it con-
tinues to push with increasing force against the rocking
beam until it overcomes the force of the back-off spring,
whereupon the actuator moves away from the rocking
beam and closes microswitches which turn off the power.
This allows the pellet to cool and reduce its force until
it moves back again, opening the microswitches and
allowing heat to be reapplied. This cycling or floating
action continues until the 10-min timer terminates the
electrical power. This motion prevents any mechanical
damage. If the sensors cannot rotate because of mechani-
cal binding, the pellet is allowed to produce a maximum
force before it is backed off.

At the end of the 10 min, a compression spring pushes
the piston back into the pellet as it cools and the pres-
sure decreases. An off-center spring, preloaded as the
sensors rotated, swings the entire actuator over to the other
side of the rocking beam to prepare for rotation in the
opposite direction during the next cycle.

V. Wax Pellet Actuator

The wax pellet is a standard production line compo-
nent' consisting of a copper case with a rubber boot, a
paraffin material, and a piston. The material, which ex-
pands on melting, pressing the rubber boot against the
conical tip of the piston and forcing it outward, is a mix-
ture of Epolene and a paraffin wax, yielding the desired
melting point. A fine copper powder is added to increase
conductivity and provide for a more uniform tempera-
ture throughout the material. During the solid-to-liquid
transition, a volumetric increase of 10% increases the
internal pressure to 2,000 psi. Above the operating tem-
perature of 71°C, allowance in piston overtravel must be
0.002 in. for each degree, because the internal pressure
could reach 4,000 to 6,000 psi if overtravel were not
allowed. The case is designed for 3,500 psi and will de-
form at higher pressures. After 500 cycles, the piston will

*Part No. 3005031 from the Harrison Radiator Division, General
Motors Corporation.
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index with a compression spring to within 0.010 in. of the
original position, and the initial operating temperature
will rise 1 to 3°C. The pellet weighs 26 g with approxi-
mately 750 mg of wax and has a maximum force of 35 1b
(15,900 g) with a maximum stroke of 0.375 in.

VI. Materials

The prime considerations in the selection of materials
for this device were low magnetic permeability and
weight and adequate strength. All springs were made
from Elgiloy, the bushings from Delrin, and the canister
from fiber glass, The main structure was fabricated from
aluminum, with critical wear surfaces hard-coated, to
enhance the passive thermal design by polishing the sur-
faces. (Magnesium surfaces were not used because the
need for plating them would have presented a handling
problem.)

VI. Thermal Design

Passive thermal coatings controlled the temperature of
the mechanism and sensors, which were encased by a
fiber glass canister. The canister was coated on the in-
side with conductive silver paint to provide an RF shield
and then scribed to reduce eddy currents. Thermal analy-
sis indicated an interior and exterior coating of vapor-
deposited aluminum with three circumferential stripes of
white paint on the outside to maintain the sensor tem-
perature between +10 and +50°C. Most of the compo-
nents were highly polished aluminum in order to obtain
a device which would contain most of the available heat
by reducing emissivity. The pellet itself had a white
paint outer layer to reduce its absorptance and was insu-
lated with nylon bushings.

After the mechanism was optimized for power con-
sumption, it was very sensitive to heat losses. As a result,
it was important to isolate the mechanism from conduc-
tion and convection losses to ensure proper operation.
Proper operating characteristics were obtained when the
unit was tested in a vacuum environment.

VIiil. Development Problems

The extreme magnetic cleanliness requirement de-
manded special consideration. Careful selection of mate-
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rials and continual monitoring of fabricated pieces and
procured items to determine that they had not been mag-
netically contaminated during manufacture were very
successful. All the parts fabricated and finished at the
Goddard Space Flight Center met the magnetic cleanli-
ness requirement, as did all but two purchased items.

In one instance, the Elgiloy springs had oxidized dur-
ing a heat treatment and the oxide coating was magnetic.
The original microswitch cases were made of a glass-filled
plastic resin that was found to be magnetic. Investigation
revealed this to be a function of the fiber length. Length-
ening the glass fibers corrected the condition.

Assembly of the mechanism was a very difficult prob-
lem. The mechanism appeared functional and accessible
on the drawings but it became necessary to build assem-
bly jigs in order to put the various components together.

The initial design utilized a bellows instead of the
paraffin-filled pellet. A mathematical model of the mech-
anism, developed to determine the relationship of the
various parameters in order to optimize the design for
available power, identified the bellows working fluid
combination that could provide the maximum force out-
put for a given electrical power input. The results indi-
cated that an isoamyl alcohol working in a beryllium
copper bellows yielded the optimum design for this spe-
cific application. However, utilization of the bellows
presented several problems:

(1) Centrifugal force and the fact that the bellows
could not be oriented to bring the alcohol in inti-
mate contact with the heater required more power
to conduct heat along the bellows to the fluid.

(2) Since the thermodynamic characteristics of the bel-
lows were a function of the vapor mixture con-
tained in the bellows, it was required that the
bellows be filled with only isoamyl alcohol liquid
or vapor and sealed at a pressure less than atmo-
spheric at room temperature —a difficult but
attainable filling procedure.

The thermal actuator was very attractive for this de-
sign because of its high ratio of power output to weight;
however, its adoption was strongly dependent upon the
ability to provide a reliable nonmagnetic heater in inti-
mate contact with the case. A method was developed for
vapor-depositing a gold heater directly to the case in a
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pattern that minimized magnetic fields. Its measured
magnetic field in the operating condition was less than
ly at 2 in. The heater was 9% in. long and 460 A
(1.84 pin.) thick, thus providing a resistance from one
heater to another of 80 =5 ohms.

IX. Alternative Uses

This mechanism is currently planned for many more
satellites which require in-flight calibration of fluxgate-
magnetometer sensors. The device can also be employed
to actuate shutters or covers or to operate in remote areas
where solar heat could be used as the heat input to oper-
ate the mechanism.

The metal bellows could be employed instead of the
paraffin-filled element if it were not feasible to expose

3rd AEROSPACE MECHANISMS SYMPOSIUM

the rubber boot to an environment. Also, different gear
combinations allow variable angular oscillatory motion.

X. Conclusion

The mechanism described in this paper provides posi-
tive, repetitive indexing, with the sensor rotating 90 deg
=15 min, the permanent magnetic field less than the re-
quired 0.25y, the power consumed less than 4 W, and
the weight less than 0.5 Ib,

Three mechanisms have been utilized on spacecraft,
with the one employed on Explorer 33 having the longest
duration in the space environment. As of May 1968, this
mechanism has operated once per day for 670 consecu-
tive days where temperatures have ranged from 450 to
—120°C (during a long earth shadow). All three mecha-
nisms continue to operate with no sign of degradation.

167






PRECEDING PAGE BLANK NOT FILMED,

Session 1V

Preceding page blank
19



OVERLEAF: Francis ]J. Carroll, NASA Electronics Re-
search Center, Session Chairman

)70



> w oo

N69-11857

The Surveyor Shock Absorber*

F. B. Sperling

Jet Propulsion Laboratory

Pasadena, Colifornia

The landing shock absorbers used on the Surveyor spacecraft are described.
A hydraulic cylinder and piston arrangement was found to be capable of provid-
ing both the required damping and spring action. A digital computer program,
simulating the landing process, was used to assess performance and spacecraft
landing stability. The shock absorbers performed very satisfactorily throughout

the Surveyor program.

l. Introduction

The landing gear of the Surveyor spacecraft (Fig. 1)
consists of three inverted tripod-type landing legs with
crushable aluminum honeycomb footpads and three
crush blocks (cylindrical pieces of aluminum honeycomb
material) mounted on the underside of the spaceframe.

The upper of the three tubular leg members contains
a shock absorber spring assembly. The two lower leg
members, which are rigid and cross-braced to each other,
are hinged to the spacecraft frame (see Fig. 1); at touch-
down, they rotate upward, thereby compressing the
shock absorber column.

*This paper presents the results of one phase of research carried

out at the Jet Propulsion Laboratory, California Institute of
Technology, under Contract No. NAS 7-100, sponsored by the
National Aeronautics and Space Administration.
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The function of the shock absorbers was to cushion the
spacecraft landing impact and to dissipate the residual
kinetic energy of the spacecraft at the time of first
ground contact. In addition, parallel springs were re-
quired to reextend the legs after impact in order to ob-
tain a defined position of the frame relative to the lunar
surface. This was necessary in order to perform the
planned lunar surface experiments properly.

While the footpads and the crush blocks were also
capable of energy dissipation, this was not intended to
be their principal function. The footpads (the lower parts
of which consist of aluminum honeycomb with a crush-
ing strength of 10 psi) were designed with the objective
of protecting the shock absorber columns from excessive
lateral loads during impact. The body blocks, with a
crushing strength of 40 psi, were incorporated to secure
a ground clearance of at least 4 in. between the frame
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Fig. 1. Surveyor spacecraft model in lunded configuration

and a planar landing surface, throughout the touchdown
phase.

Hence, the shock absorbers had to have the capability
of dissipating essentially the entire landing energy. As we
now know, this indeed was required of them and was
accomplished in all five successful Surveyor landings,
since practically no footpad or body block crushing took
place in any of the landings because of the relative soft-
ness of the upper lunar surface layer.

il. Working Principle

While there was no difficulty in satisfying the func-
tional requirement of a combined spring and damping
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action with a variety of conventional concepts, the addi-
tional requirement of highest possible weight economy
could not be met with any type of metallic spring. For
the damping action, the dashpot principle, i.e., the forc-
ing of a damping fluid through an orifice, seemed accept-
able, and after it was found that the required cylinder
and piston arrangement could be utilized to provide the
desired spring action at the same time, this concept was
adopted.

The working principle is explained in Fig. 2. It is
based on the fact that no fluid is absolutely incompress-
ible. Consequently, when a perforated piston (shown
schematically in Fig. 2) is pushed into a cylinder entirely
filled with fluid and the fluid volume is increasingly
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Fig. 2. Working principle of the Surveyor shock absorber spring assembly

reduced by the entering piston rod, the fluid is com-
pressed, resulting in a steep increase in pressure. A re-
storing force equal to the pressure difference between
fluid pressure and outside pressure times the cross sec-
tion area of the piston rod results.

By pressurizing the fluid above the outside pressure,
with the piston in the extended position, a preload can
be obtained on the same principle. Since a preload was
required to support the weight of the Surveyor spacecraft
after landing, a provision for fluid pressurization was
made by connecting the fluid chamber to metal bellows
(Fig. 2) surrounded by a sealed gas chamber. Pressuriz-
ing the gas automatically pressurized the fluid to the
same level, because of the elasticity of the bellows, How-
ever, upon actuation of the piston, the connection to the
bellows had to be closed, else the volume reduced by
the entering piston rod would have been made up by an
extension of the bellows. For this purpose, the spring-
loaded temperature compensation valve was incorpo-
rated, closing the fluid chamber upon a rapid pressure
increase. For a slow pressure rise, however, this valve
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stayed open, thus allowing the fluid to expand and con-
tract with changing temperature without significantly
affecting its pressure and, consequently, the preload.

lli. First Design

Before implementation of the working principle into a
design, the specification of such parameters as maximum
load, piston travel, and spring and damping character-
istics was necessary. It appeared desirable to design a
maximum-efficiency shock absorber that would dissipate
a certain amount of energy within a certain stroke with
the lowest axial peak load, ideally requiring a constant
force-vs-stroke characteristic. Since the damping force in
an orifice damper varies proportionally with the square
of the stroking velocity, the desired characteristic re-
quired a variable damping coefficient (i.e., a stroke-
dependent variable orifice).

While, theoretically, the loading could have been held
to any desired level by allowance of the corresponding
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stroke length, the latter was limited by considerations of
stability and ground clearance during the landing process
to a maximum of 4.5 in. Thus, the constant force in the
force-vs-stroke characteristic was determined by the con-
dition that no “bottoming” of the shock absorber was to
be encountered for the highest specified landing veloci-
ties (20 ft/s vertical and 7 ft/s horizontal).

Many factors were considered in determining how this
constant force was to be distributed between the spring
force and the damping force and whether or not it was
desirable, or even possible, to design for the constant-
force characteristic. One consideration unfavorable to
the latter was that of the fluid chamber design for pres-
sure. At the beginning of the stroke, the opposing force
is almost entirely due to the damping effect —i.e., to the
difference of pressures acting on the piston face from
the left to the right of the piston. At the end of the
stroke, however, the force is a pure spring force, depen-
dent upon the absolute fluid pressure (assuming an out-
side pressure of zero), acting only on the piston rod cross
section. To equalize these forces would have required a
considerably higher fluid pressure at the end of the
stroke than at the start.

Compromising between these conflicting requirements
led to an optimized damping profile (a change of damp-
ing coefficient vs stroke) to be implemented by a
cylinder-fixed metering pin protruding through the
damping orifice and thereby changing its size as the pis-
ton moved in.

This compression-stroke damping was found to be
totally inadequate for the extension stroke; it would have
resulted in a high springback of the spacecraft after the
initial landing. Consequently, a separate orifice had to be
provided for the extension stroke, and two valves (sche-
matically indicated in Fig. 2) were added, to appropri-
ately open or close the two damping orifices.

The extension-damping was designed to provide criti-
cal damping for the leg extension stroke. Because the
characteristic of the fluid spring was not linear, this
could be only approximated for one landing condition
with one initial velocity. The selected conditions were
for a landing on a level surface with the three legs
touching simultaneously and with the nominal vertical
spacecraft landing velocity of 12.6 ft/s. In this case, after
impact and deflection of the legs, the spacecraft was to
rise to its prelanding configuration without overshooting.
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A titanium alloy containing 13% vanadium, 11% chro-
mium, and 3% aluminum was chosen for the main body,
including the fluid cylinder, because of its high strength/
weight ratio. Properly heat-treated tensile coupons
showed an ultimate tensile strength of 194,000 to
207,000 psi. For the damping fluid, a silicone compound
(Dow Corning F-4029) was selected for its high com-
pressibility and its ability to perform without excessive
change in viscosity within the specified temperature
range from 0 to 120°F.

A lock-finger arrangement was implemented to pre-
vent spacecraft sagging as a result of possible fluid or
gas leakage after landing. Two spring-loaded lock-
fingers were mounted on the upper stationary part of
the assembly and engaged in a collar on the lower tele-
scoping part. These were shaped so that they would
break loose if an axial load of the order of the spring
preload were applied. Hence, the intended shock ab-
sorber operation was not constrained. After reextension
of the legs, the lock-fingers reengaged and would not
break loose under the loading imposed by the spacecraft
weight.

A redundant locking system was provided by pyro-
technically operated pin drivers. Also located on the
stationary part of the shock absorber column, this lock-
ing device had the capability of being commanded from
the earth to drive a pin into a strip of soft aluminum
attached to the telescoping part of the assembly.

Unit dimensions are 2 in. outside diameter and 37.53 in.
between connection points in the extended position; the
weight is approximately 3.9 1b.

IV. Second Design

During manufacturing and checkout of prototype units,
several problem areas became apparent. The selected
titanium alloy proved to be hard to machine and par-
ticularly difficult to weld. Since the material is brittle
and notch-sensitive, each unit became a potential hazard
when pressurized to the required room temperature pres-
sure of 1700 psi. It was necessary to impose special ship-
ping and handling procedures to protect the assemblies
from even slight scratches or bumps, as well as to protect
personnel. Another problem arose in the manufacture of
the metering pin. Even though the metering pins were
machined to extremely close tolerances, a checkout of
assembled units showed a considerable scatter in the
damping around the design profile, which specified
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a damping coefficient that increased considerably more
strongly than linearly with increasing stroke.

A reevaluation led to a second design which conformed
to the same principle and basic configuration but which
deviated significantly from the first in the two areas de-
scribed below.

First, the material of the basic structure was changed
to a titanium alloy with 4% vanadium and 6% alumi-
num. Although weaker in tensile strength by approxi-
mately 20% compared with the original alloy (13% V,
11% Cr, 3% Al), the latter alloy is far less brittle and
less notch sensitive and is easier to machine and to weld.
The metering pin was eliminated, and an optimum con-
stant orifice size was determined. Although this resulted
in a less desirable force-vs-stroke characteristic, the peak
force could be kept below the maximum design load of
10,000 Ib. It was found that the damping coefficient,
even for a constant orifice, is not constant; rather, it in-
creases approximately linearly with the stroke when a
constant compression force is applied. This effect results
from the increase in fluid pressure with stroke, and it is,
in this application, very desirable because it retains, in
part, the advantages of a varying damping profile, which
had originally led to the metering-pin concept. A further
compensation of the force falloff was accomplished by
increasing the spring rate.

Second, the lock-finger arrangement was eliminated.
Since its break-loose threshold had proved to be difficult
to control, it was decided that the backup locking device
(the pyrotechnic pin-drivers) would be sufficient. Unit
weight of the second design was approximately 4.4 1b.

This second shock absorber design was used with
Surveyors III through VII; Surveyors I and II utilized
the first design. Surveyor I performed a successful land-
ing, and Surveyor II suffered a propulsion system failure
during the midcourse correction maneuver, Of the re-
maining Surveyors, all but Surveyor IV landed success-
fully. Telecommunication with Surveyor IV was lost
2.5 min before predicted touchdown.

V. Analytical Representation

During the conceptual study and design phases of the
shock absorber, the most helpful tool for evaluating per-
formance and assessing landing stability and ground
clearance was a digital computer program that mathe-
matically simulates the landing process. In this program,
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the spacecraft structure above the landing gear connec-
tion points is represented as a rigid body with adjustable
mass and inertia properties. The landing gear, however,
is geometrically and dynamically modeled in detail. For
any desired initial landing velocities, spacecraft tilt, and
ground slope of a rigid planar surface, analytical land-
ings could be performed by means of this program to
indicate spacecraft motion, acceleration, landing gear
deflections and loadings, and other performance param-
eters throughout the landing process. In the program,
the shock absorber assembly is represented by the fol-
lowing equation:

.

Fs=l—;—lzﬂcsD+K,,sK(l- lo) = Fp

+0.05'[_;.‘!‘HKDSK([_ [0) - FP]]

where
Fs = axial shock absorber column force
/, = length of column in extended position
!/ = length of column
[ = change of column length with time
Ry = damping coefficient
S, = damping coefficient versus stroke profile
K, = spring rate at zero stroke
Sx = spring rate vs stroke profile

Fp = spring preload

The first term represents the damping force propor-
tional to the square of the velocity; because of the
fractioned factor, its sign automatically reverses with
each change in velocity direction, which is also used to
select the proper damping coefficient and profile for
compression and extension, respectively. The second term
represents the increase in spring force with stroke; to-
gether with the constant preload, represented by the
third term, the entire spring force of the fluid spring is
expressed. The last term, in magnitude equal to 5% of
the spring force, represents an estimated friction force,
again reversed in sign as appropriate by the fractioned
velocity factor.

In the step-by-step integration, the first delta stroke
(af) after ground contact is determined by assuming
that no forces are acting on the spacecraft —i.e., that the
spacecraft is continuing in its path as though the ground
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had not been encountered, for a preselected time incre-
ment At. For the next step, A / and At are used to define
the stroking velocity, while, from the spring and damp-
ing profile, the values corresponding to the incremental
stroke A/ are selected. From this, the shock absorber
force is determined and regarded as acting on the space-
craft throughout the next At. As dictated by the
spacecraft’s equations of motion, this results in a new
incremental stroke A/, which is used again, as above, for
the next At, and so on.

The quality of this analytical shock absorber force rep-
resentation could be checked directly by comparison
with telemetry data from the Surveyor landings, as dis-
cussed in the performance section of this report (Fig. 3).

VI. Testing

A very extensive test program was carried out on both
type-approval and flight-acceptance levels. The first cate-
gory included burst tests, vibration tests, leak tests, func-
tional tests, and verification tests for the damping and
spring characteristics at room temperature and at the
specified temperature extremes. Also conducted were
dynamic loading tests, including impact tests, performed
in a drop test fixture and increased to the point of unit
destruction. Finally, several units were tested in full-size

vehicle drop tests with maximum design conditions in
respect to landing velocities, vehicle tilt, and ground slope.

The flight-acceptance test series included functional
tests, vibration tests, leak tests, preload tests at various
temperatures, and verification of spring and damping
characteristics at room temperature.

In addition, preload tests were performed on every
flight unit before shipment to the launch site and again
immediately before installation on the spacecraft. In
these tests, each unit was slowly stroked to % in.; the
force necessary to initiate and maintain movement was
measured. Then, the load was slowly decreased and the
unit allowed to extend; again, the force necessary to
maintain movement was measured. By this procedure, a
check of the preload as well as of the internal friction of
the unit was made. For the first design type, this test was
conducted with disengaged lock-fingers. If preload and
friction were found within acceptable limits, the unit was
accepted as fully charged and operational.

Vil. Temperature Control

Although the shock absorbers were required to survive
temperature extremes of —300 and +300°F, the tem-
perature range within which they were to be operational
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Fig. 3. History of axial loading of the leg 2 shock absorber column duriﬁg fhe"%:imar landing of Surveyor I.
(The dashed line represents the same data derived from an analytical
landing simulation under identicesl landing conditions.)
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could be narrowed to between 0 and 120°F. This was
achieved by passive temperature control, from application
of thermal paint patterns and aluminized Teflon strips.

VII. Performance

Each shock absorber unit was equipped with a
temperature-compensated strain-gage bridge consisting
of four gages attached to the gas-filled cylinder. These
were arranged to measure only axial loads. The strain
gages, as a part of the engineering instrumentation, were
intended to enable assessment of the spacecraft perfor-
mance during touchdown. The output of the three
bridges was transmitted in the form of frequency-
modulated, continuous analog data. Within limits, these
data could also be used to assess the dynamic behavior
of the surface material at the landing site, allowing esti-
mates of lunar surface mechanical properties. Figure 3
shows one of the Surveyor I landing shock absorber force
histories, together with an analytical simulation. It shows
that the compression stroke, building up to a peak force
of approximately 1600 Ib, lasted about 0.1 s, followed by
a 0.2-s extension, at which time the axial force returned
to zero, indicating spacecraft rebound. At 1.1 to 12 s
after first contact, footpad reimpact was registered; this
was followed by a ringout oscillation, after which (be-
yond the time covered in Fig. 2) the force settled at
approximately 120 Ib, because of the spacecraft’s weight.
While, in general, a very satisfactory performance of the
shock absorber units was found, the rebound was more
pronounced than had been expected for a landing with
a slightly lower-than-nominal vertical landing velocity.
Surveyor I landed with 11.6 ft/s vertical velocity (nomi-
nal was 12.6 ft/s) on a surface that was within 2 deg of
level.

Records very similar to Fig. 3 were obtained from all
shock absorbers in each of the successful Surveyor land-
ings. Spacecraft rebounding was experienced in all
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Surveyor landings; it was slightly higher with the second
design type of shock absorber units because of the in-
creased spring rate of the fluid spring. Although this
constituted a deviation from the design specification, the
spring-back was not detrimental to the landing or to
other performances of the spacecraft. It was even found
to be advantageous, since, in some cases, it exposed the
first footpad imprints to the spacecraft camera, facilitat-
ing scientific soil studies.

The leg locking devices appeared to have worked satis-
factorily on Surveyor I. In the later missions, however,
two instances were observed in which a leg did deflect
after the command to actuate the lock-pin drivers had
been sent. In both cases, this occurred at the beginning
of lunar night and did not affect lunar surface operations.
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This paper describes the unique mechanism of the motorized primary boom
packages and the damper-borne self-erecting secondary boom package utilized
on the Applications Technology Satellite (ATS) gravity-gradient experiment. The
spacecraft failed to achieve the required orbit, but the mechanism performed

as planned.

I. Introduction

In April 1967, NASA placed in orbit the ATS-2, a
gravity-gradient-stabilized satellite that was the second
of a series of spacecraft known as Applications Technol-
ogy Satellites. A primary purpose of the ATS series is to
evaluate the characteristics of gravity-gradient stabiliza-
tion as a means of satellite attitude control.

Gravity-gradient satellite attitude control makes use of
the differences in gravitational forces acting on the dis-
tributed masses of the primary stabilization booms to
maintain a constant attitude with respect to earth.
Gravity-gradient stabilization is possible only if existing

*This work was performed by the General Electric Company for
the NASA Goddard Space Flight Center under Contract No.
NAS5-9042.
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oscillatory motions of a spacecraft can be damped out by
some form of energy dissipation.

The ATS-2 (Fig. 1) medium-altitude spacecraft at-
tained a highly elliptical orbit, instead of the planned
circular orbit. Accordingly, gravity-gradient stabilization
was precluded. Nevertheless, the mechanisms described
in this paper functioned successfully in orbit.

The General Electric Company (GE) designed the
gravity-gradient stabilization systems for this series of
experimental satellites. Each system utilizes four 132-ft
primary gravity-gradient booms (deployed in the form of
an X) rigidly attached to the satellite, as well as a sec-
ondary, or damping, boom (consisting of two 45-ft col-
linear rods) coupled to a damping mechanism and a
torsional spring.
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The components that deploy both the primary and
damper booms were provided by deHavilland Aircraft
of Canada, Ltd., Special Products & Applied Research
(SPAR) Division (now SPAR Aerospace Products, Ltd.)
under a subcontract to the General Electric Company.
The basic extendible boom selected for this mission is the
storable tubular extendible member (STEM).! The STEM
technique involves the formation of a tubular section
from a flat metal strip which is formed and heat-treated
in the tubular form, then flattened under stress and
wound onto a storage drum. Subsequent erection in orbit
is accomplished by paying out the stowed strip through a
set of guides that allow the boom to form into its nat-
ural tubular shape. The edges of the metal strip overlap
each other to render stiffness to the deployed section.

Il. Primary Boom Packages

Each gravity-gradient experiment contains two pri-
mary boom half-systems (Fig. 2). To provide boom ex-

'STEM is a trade name for these deployable booms (see Ref. 1).

TELEVISION
CAMERA TARGET

TIP MASS

tension, retraction, and angular variation capability after
injection into orbit, each half-system employs two sepa-
rate motors: one to drive the storage drums and one to
scissor the erection units that contain the storage drums.

In addition to storing, guiding, and electrically isolat-
ing the booms, the erection units provide a means of
caging the tip masses, which are installed at the boom
tips, to achieve a prescribed set of inertias about the
principal axes of the spacecraft. The pair of erection units
in each half-system, their associated drive train, motors,
and scissoring linkage are all mounted within the single
framework shown in Fig. 2. The erection units are piv-
oted to this framework. Motion between the two half-
systems is coordinated electrically.

A. Torque Transmission

Each half-system is equipped with one transmission
unit, which provides the torque required by the scissors
bell-crank and the deployment gear train. Each trans-
mission unit contains two brush-type dc motors, one for
boom extension drive (via gear train) and one for scissors

HERMETIC
ENCLOSURE

ol

w54

Fig. 2. Primary boom package. The television camera targets, also shown on the deployed booms in Fig. 1,
were provided to allow a camera in the satellite to record the boom deployment configuration
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drive (via bell-crank linkage). The scissors drive motor is
equipped with an integral gear reducer to reduce the
speed to that required for a proper scissoring rate.

The transmission unit enclosure confines the motors
and drive trains in a vacuum-tight envelope to preserve
their useful life in space and uses beryllium copper
bellows-type couplings to deliver both the extension and
scissor torques through the pressure-tight shell. Two
drive shafts protrude from the enclosure: one for the
deployment gear train and one for the scissors bell-crank.

The output drive shaft for the deployment gear train
is collinear with the input shaft that is within the her-
metic enclosure. The rotary motion of the eccentric input
shaft within the “wobble” bellows (Fig. 3) provides the
necessary external torque for primary boom deployment.

WOBSBLE R&LﬁRTY PRESSURIZED
BELLOWS AT 7psia
ECCENTRIC PARTIAL
INPUT PRESSURE
SHAFT — AREA
s 2. 2 J
HERMETIC /
VACUUM
AREA ENCLOSURE

OUTPUT DRIVESHAFT FOR
DEPLOYMENT GEAR TRAIN

Fig. 3. Bellows drive mechanism

The scissoring output drive shaft is connected to the
scissors bell-crank, which transmits linear push-pull mo-
tion through a pair of compression bellows (Fig. 4) to
provide the required torques to the scissor plates attached
to each erection unit.

B. Drum Synchronization

The primary boom erection units require externally
applied torque at the boom storage drums for deploy-
ment. This torque is provided by a train of four gears in
each half-system. One of the center gears of this train is
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SHAFT

Fig. 4. Scissor drive mechanism

driven by the output drive shaft from the transmission
unit. This gear, in turn, drives the boom storage drum of
one erection unit directly and drives the boom storage
drum of the second erection unit by means of an idler
gear. Thus both erection units are driven by a single
motor, and their drum rotations are mechanically syn-
chronized by the gear train.

The center of the erection unit drive gear is concentric
with the axes about which the erection units are pivoted,
to allow the gear train to remain engaged during scissor-
ing motion.

C. Electrical isolation

An ATS spacecraft experiment required dc electrical
isolation of the primary booms from the spacecraft and
required that the capacitance between the boom and the
spacecraft be reduced to a minimum. The following parts
were made of polycarbonate materials to accomplish the
required electrical isolation:

(1) Drive gears internal to the erection units connect-
ing to the storage drum.

(2) Drive gears external to the hermetic enclosure con-
necting with the erection unit.

(3) Support standoff rings between the scissor plates
and each associated erection unit,

(4) Support housings for the erection unit flexure
pivots.

li. Secondary Boom Package

Each gravity-gradient-stabilized spacecraft incorpo-
rates one self-erecting secondary boom package. This
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unit is different from the primary boom system in that it
uses the strain energy in the stowed metal strip to rotate
the storage drums contained in the boom tip masses and,
thus, erect the booms. The tip masses (required to pro-
vide prescribed inertias for spacecraft damping) on this
package are, in actuality, the erection units; they store
and guide the booms and they can be caged to a center
body section. The center section is mounted on the
damper portion of the GE-constructed combination pas-
sive damper (CPD) (Ref. 2).

The two damper-borne secondary booms extend along
the same straight line in opposite directions, and their
tip masses provide the proper inertia for the operation
of the damper. In addition to the main assembly contain-
ing the booms, the secondary package includes a sepa-

rate housing that contains the explosive portion of the
tip mass release system (Fig. 5).

A. Tip Mass Caging

A ball-lock mechanism, lever arm, electroexplosive
cartridge, and mechanical linear actuator combination
are used for the damper-boom tip-mass release system.
The linear actuator and lever arm are mounted in a sepa-
rate actuator assembly on the base plate of the CPD.

The receptacles at the ends of the ball-lock mechanism
(Fig. 6) provide the coupling between the tip mass and
the center body when the damper boom is in the stowed
position. The plunger movement is initiated by either or
both of the electroexplosive squib~linear actuator devices,

Fig. 5. Damper boom package
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Fig. 6. Ball-lock mechanism

thus depressing the plunger and making contact with the
two spindles which permit the release balls to depress
inside the housing and release the receptacles. The tip
mass then separates from the center body. In the actual
system, the end of erch boom element is secured to the
center body. A liftoff spring at the end of the center body
(Fig. 7) provides the initial separation force for the. tip
mass, and guide pins ensure coaxial separation. Then,
the elastically wound boom begins to erect itself and
continues to propel the tip assembly to full length. The
tip assembly is restrained at the end of the fully erected
boom.

TIP MASS
CENTER BODY
~ 7. ) E_ 7ex i N _7&%
W ~— /
LIFTOFF W
SPRING 4 e s l
:
L)

Fig. 7. Dnmpér boom:¢coaxial sepai'ation;
showing deployment of booms

B. Centrifugal Governor

A governor is used to limit the maximum speed of the
self-energized deployment to a speed less than that
which would cause failure upon the abrupt stop of the
tip mass at the end of deployment. (The specified de-
ployment speed is 1.8 +0.8 ft/s, or a maximum of
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2.6 ft/s. Failure due to the stopping of the tip mass at
full deployment would occur at speeds above 4 ft/s.) It
has been shown (Ref. 3) that the deployment rate of
ungoverned self-erecting booms of this type will continue
to increase as a function of deployed length, and the
maximum length is, therefore, limited by boom strength
and mass at the tip.

The governor consists of two diametrically opposed
brake shoes, as sketched in Fig. 8, mounted in. the tip
mass assembly. The brake pivot points are fixed to the
boom storage drum. Each of two brake shoes is hinged

STORAGE DRUM

PIVOT

CENTRIFUGAL
FORCE
.

CONTACT
POINT

STATIONARY
BRAKE
DRUM

Fig. 8. Damper boom centrifugal governor
(« = angular change)
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at the pivot and rotates into contact with the stationary
brake drum under the influence of centrifugal force.
Upon tip mass release, the drums are free to rotate, and
they are propelled by the self-erecting tendency of the
strain energy in the booms. The frictional torques devel-
oped by the brake and transmitted to the drum via the
pivot pins is a function of drum rotation rate. Equilib-
rium will be established when the brake torque and
losses are equal to the torque produced by release of
strain energy.

Because the brake is symmetrical, the net frictional
torque developed by the brake is the same as that which
would be developed in the absence of the 1-g environ-
ment. The effect of earth’s gravity during testing is a
sinusoidal variation from +1 to —1 g on each brake
shoe, about a mean value of 1.8 g. The two brake shoes
of each tip mass assembly experience this sinusoidal
variation exactly 180 deg out of phase with each other,
and the net effect of gravity cancels out. At no time
during the drum rotation (at constant speed) does either
brake shoe experience a negative acceleration with re-
spect to the brake drum (i.e., either centripetal or gravi-
tational acceleration).

IV. Preparation for Space Operation
A. Gear and Bearing Lubrication

The boom subsystem design involves certain gears and
bearings which will be at least partially exposed to the
space vacuum and will be expected to operate after a
long period of such exposure to the hard vacuum in orbit.
In the primary boom half-systems, the bearings that are
directly exposed to the space vacuum contain Duroid 5813
retainers.? The secondary package bearings exposed to
the space vacuum contain GE F50 oil but are required
to operate only once while in the space vacuum. Primary
package transmission unit bearings, which are in the
partial pressure area, contain a combination of GE Versi-
lube G300 grease and F50 oil. Bearings inside the her-
metic enclosure of the primary boom half-systems contain
a combination of G300 grease and F50 oil.

The gears outside the primary package hermetic en-
closure, as mentioned previously, are of polycarbonate
materials and no lubrication is added. The gears inside
the hermetic enclosure are lubricated with G300 grease.
The high-speed spiroid in the extension drive train has
an MoS, dry lubricant mixed with the G300 grease for

*An MoS:-impregnated material, 60% Teflon and 40% glass fibers.
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adherence purposes. The secondary boom package con-
tains no gears.

B. Deployment Tests

The gravity-gradient booms are designed for weight-
less deployment in space. Accordingly, deploying the
booms in the 1-g terrestrial environment requires certain
special test equipment to avoid damage to the booms
resulting from their own weight. Full-length deployment
of the stored boom element necessitates either a full-
length test track or a coordinated takeup mechanism.

The self-erecting nature of the secondary boom pack-
age precluded use of a takeup mechanism for its deploy-
ment, The configuration of the primary boom half-system
coordinated pair of erected booms and their extended
lengths precluded utilization of two full-length test tracks
for their deployment. The resultant facility for deploy-
ment tests (Fig., 9) consists of a fixed, 150-ft-long,
channel-shaped track and a movable, 10-ft channel-
shaped track, angularly positioned about a support
pedestal for compatibility with the half-system config-
uration and its scissoring requirement.

Testing of the primary boom package is accomplished
by mounting the unit on the support pedestal and align-
ing the booms to lie in the center of the test tracks. The
end of the boom lying in the long test track is attached
to its tip mass, which, in turn, is supported by a deploy-
ment trolley on wheels. The end of the boom lying in the
short test track is attached to a takeup mechanism on
wheels. To minimize friction and boom plating damage
during the motorized deployment testing of the primary
boom units, the bottom of the channel test track is lined
with Teflon. All trolley and takeup mechanism wheels
are mounted on ball bearings to reduce friction.

Testing of the secondary boom package is accom-
plished by mounting the unit in the center of the long
test track with deployment trolleys on wheels attached
to each tip mass.

Unlocking the ball-lock assembly results in release and
launch of the tip mass erection units. As soon as the tip
mass kickoff is initiated, the offset tip mass centers of
gravity cause rotation of the tip mass about the storage
drum support axis (Fig. 7). This oscillation and its re-
sultant boom damage is minimized by incorporating
hydraulic oscillation dampers attached to tip mass coun-
terbalance arms on the outboard ends of the tip masses.
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Fig. 9. Boom deployment test track. The alignment flotation facility was not used in the tests described in this paper

V. Flight Performance and Current Status

Although ATS-2 attained a highly elliptical orbit, in-
stead of the planned, medium-altitude circular orbit, all
the primary and secondary booms uncaged and extended
to full length upon command. Subsequent scissor opera-
tions of the primary booms to both extreme limits were
accomplished successfully — one 4 months after launch,
the other 6 months after launch.

During October 1967, ATS-2 spacecraft power was
reduced to 2 minimum and monitoring was halted for the
time, since the ground equipment was needed to cover
the ATS-3 launch. Concentration on spin-stabilized
ATS-3 has precluded further monitoring to date on ATS-2.
Just prior to power reduction, telemetry data indicated
no significant degradation in initial hermetic enclosure
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pressure, primary boom package electrical isolation, or
secondary boom package mechanical isolation.

Both the primary and secondary boom packages have
passed qualification test programs in both the medium
and synchronous altitude configurations, and vibration
levels greater than 18 g were sustained by these config-
urations during qualification. The next gravity-gradient
ATS spacecraft to be launched will be designed for syn-
chronous altitude, The main difference in the two con-

figurations is the weight of the tip masses; the synchronous

weight is approximately three times that of the medium-
altitude weight. Thus the tip mass weight for the primary
booms at medium altitude configuration is 2.5 1b each,
and, at synchronous altitude configuration, 8 1Ib each.
Comparable tip mass weights for the damper booms are
1.6 and 4.06 1b each.
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Mechanism Design—A Test Laboratory Viewpoint

J. M. Haley
Lockheed Missiles & Space Company

Sunnyvale, California

The test laboratory can be a valuable resource for the mechanism designer,
especially in determining environmental requirements, cost estimates for test
phases, clues to design pitfalls, and data references for tests of similar mecha-
nisms. The designer should carefully define in writing the functional and environ-
mental requirements for the item he is designing. He should also be aware of the
“personality problems” (binding, galling, and fusing) of moving parts.

I. Introduction

The service test laboratory has a unique vantage point
for viewing company operations, First of all, it partici-
pates in almost all contractual activity which involves
hardware, and, secondly, it usually is not predisposed to
the goals or philosophies of any one program or group.
This second factor is important, since the test laboratory
must function as an unbiased agent in providing support
to engineering, manufacturing, and product assurance.

In this service capacity, the laboratory is afforded a
broad and uncluttered view of what is happening. It
frequently is in a position to provide constructive com-
ments concerning both hardware and nonhardware fac-
tors. However, the basic function of the test laboratory is
simply to subject the hardware to prescribed functional/
environmental requirements and present the results.
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Seldom is this organization asked to evaluate or draw
conclusions concerning the quality of the design or
manufacturing process. Despite this operational mode,
the laboratory does become exposed to quality factors.
It sees the successes and failures, the good and bad
designs, and the good and bad manufactured products.
The purpose of this paper is to present laboratory obser-
vations gained from this vantage point as they concern
the design process and offer a set of suggestions to the
mechanisms designer.

Il. Two Sets of Requirements

Before the designer of an aerospace mechanism can
proceed with his work in depth, two sets of requirements
must be established. One set is general and the other set
specific. The general set presents the mission objectives
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and the controlling overall environmental specifications,
whereas the specific set identifies the functional purpose
and use habitat of a particular part or assembly. In
theory, both of these guidelines should exist well in ad-
vance of full-blown efforts to design the hardware. Nor-
mally this condition is true for the general set; however,
advanced availability for the specific set is the exception
rather than the rule.

lll. The Stability of General Requirements

General requirements of the program are essentially
based upon mission objectives which are fixed by the
customer after many months and sometimes years of
research, engineering studies, and conceptual designs.
Once defined and released to the contractor, the mission
objectives remain relatively stable. Major changes in
their scope or timing are uncommon, since these events
have an impact on the national budget, and, therefore,
may involve congressional approval.

An important part of the general requirements is a
specification which prescribes overall environments. The
content of this document is determined by the character-
istics of the launch booster and the use habitat. Here,
again, the decisions of long-range planning will apply,
since they set forth the launch vehicle, the “on station”
mode, and the reentry phase if there is one. Major
changes in these areas, after contract award, are indeed
rare and, if they occur, generally constitute grounds for
schedule and cost redirection.

For the most part, the booster is selected from an avail-
able inventory of proven vehicles for which performance/
environmental characteristics are well known. It is
infrequent that a new booster and payload evolve
simultaneously with the resultant necessity to predict
system characteristics based upon wind tunnel and other
tests. For space vehicles and ballistic missiles, the launch
booster dictates environments of the ascent profile, with
particular attention to dynamics of vibration, accelera-
tion, pressure and thermal exposure. Usually, the ascent
phase constitutes the greatest challenge for payload sur-
vival, particularly in areas of mechanical environments.
However, certain reentry payloads are an exception,
since the mechanical conditions are sometimes more
severe during that phase.

It is accepted that environmental requirements will
vary considerably between space vehicles and ballistic
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missiles. Examples of the variations are the long-term
exposure to the unfriendly conditions of deep space
experienced by an orbiting vehicle or space probe as
compared with the defensive measures exercised against
a missile warhead. However, regardless of the program
type, the general environmental requirements are broad
and concern the common needs of the total vehicle
rather than specifics.

IV. The Dynamic Character of Specific
Requirements

The specific requirements for each identifiable assem-
bly, subassembly, and even, sometimes, each part, are
normally enumerated by the design control document.
For future reference, I will call this document the Design
Control Specification (DCS). The intent of the DCS is
to prescribe the functional/environmental requirements
of proposed hardware for the purpose of guiding the
individual designer. It seldom achieves this objective,
since it usually does not exist in a released and approved
state at the time that the designer needs the information
to begin his work. Even if an early release is achieved,
the first publication rarely establishes the final require-
ments. There is a practical reason for this condition,
which is recognized by the individual designer: the
requirements for aerospace vehicles, in total or in part,
seldom are static during the design phase, particularly
during the conceptual period. As a consequence, the
DCS will be revised throughout the life of the program.
The number of revisions is higher in the early stages,
and the paperwork system often falls behind in docu-
menting this reality of evolving requirements. During the
preliminary and conceptual phases, many changes are
not even introduced into the documentation network,
but are left to accumulate for a later group updating.

As a test laboratory, we have experienced instances
where the prototype specimen is fabricated and avail-
able, the design is in blueprint form, and yet the DCS
has not been released. In some cases, the best document
that is available is a red-lined mark-up of a comparable
document from another program, or an unreleased final
draft. This condition does not reflect a disregard for
configuration control. Nor is it peculiar to any one com-
pany. It is an industry-wide problem that is inherent in
the nature of the programs undertaken. The underlying
causes can be traced to factors such as the first-time
aspect of the mission; the complexity of the project,
encompassing both hardware and software; the need to
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perform concurrent development and sometimes inven-
tion; schedule squeeze; and the inertia of the contractual
paperwork system.

In view of these realities, it is essential that the mech-
anism designer exercise a good deal of judgment and
communication with his many interfaces when attempt-
ing to interpret and apply the DCS. This includes other
designers responsible for mating hardware and utilities,
and support engineering agencies such as those con-
cerned with stress, thermal conditions, and weights, to
mention a few.

V. The Unpublished Guideline

The ultimate objective of any mechanism design is to
provide a device that will balance technical, cost, and
schedule factors with the mission objective. To do this,
it must supply the needed function, perform adequately
under exposure to the use habitat, satisfy the life re-
quirements, incorporate simplicity, and achieve an eco-
nomic balance considering its own cost to produce and
its impact upon associated hardware and systems.

Indeed, this is a worthwhile objective and an over-
simplification of a real challenge. Considering this diffi-
cult goal and the generally unavailable state of the
DCS, the first thing that the designer should do is to
carefully evaluate and define in writing the functional
and environmental requirements of the hardware for
which he is responsible. The scope of this action will
vary, depending upon each situation; however, it is
recommended that this be an unpublished document
prepared in outline form. It should record the current
and realistic requirements as recognized by the prime
parties concerned. An early-release DCS is a starting
point, but a designer should not rely completely on this
source, since it often may prescribe needs that are out-
dated by the inability of the paperwork to keep pace
with a fast-moving program. It is especially recom-
mended that the designer go beyond those boiler plate
functional/environmental callouts of the DCS to specify
intimate factors that are peculiar to the individual
mechanism.

Each part to be designed has a personality all its own
as dictated by its particular functional requirement and
use habitat. For this reason, it is often dangerous to
accept the total vehicle or even subsystem parameters
as all-encompassing. In contrast to black boxes, most
mechanisms have special needs to be considered: namely,
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the inherent features of displacement and motion. These
features introduce new dimensions to interpretations of
environmental and functional specifications. They place
added emphasis upon evaluating hardware performance
under conditions such as zero gravity, mechanical vibra-
tion, high vacuum, and temperature extremes. Many
designers have learned from experience that moving
parts of mechanisms, in contrast to fixed assemblies,
have “personality problems” that are often exhibited by
the binding, galling, and fusing of moving parts. These
unique personality problems of mechanisms must be
recognized early in the design and integrated into the
development plan. If the DCS is inadequate, then
the working guideline must specify these factors as ap-
propriate to the particular device in question.

Now another comment from the laboratory viewpoint.
At an early point in establishing the design plan, the
designer would do well to contact the test laboratory
and obtain leads concerning like mechanisms that have
undergone development and qualification testing. He
can then be directed to test reports that record in detail
the experiences of similar hardware. These documents
describe the test specimen, the environmental exposures,
the functional requirements, and the results.

However, this screening process should not be restricted
to in-house operations. Sometimes it is advantageous to
undertake a literature search of similar mechanisms
designed and tested by others in the industry. The gov-
ernment data bank of the Defense Documentation Center
can be of value in this regard. The individual technical
libraries are aware of these sources and know how to
interrogate the data banks. Results of these contacts and
discussions will frequently supply valuable information
concerning the successes and failures of others, as well
as furnish reliable cost data for testing. Also, these con-
tacts will help to compensate for the natural tendency of
designers to be optimistic concerning the ability of their
creations to pass the testing phase. It is expected that
the content of the working guideline will be influenced
by the findings of this communication.

Once the working guideline and plan have been estab-
lished, the individual designer has at least the latest basis
upon which to proceed. Furthermore, he personally can
keep this requirements paper up to date by his own edit-
ing, since it does not constitute part of the formal docu-
mentation process. This work sheet will also provide a
good foundation for eventual updating and final release
of the DCS. A written trail will exist from first concep-
tion through to the last configuration.
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V1. Conceptual Work

Now, with latest requirements documented and coor-
dinated, the designer can direct his full attention to the
hardware. He can, with reduced risk, proceed to resolve
the geometry and the selection of materials and parts.
Certainly, downstream changes will occur, but at least
action has been taken to avoid those major surprises that
arise from lack of adequate preparation and coordination.

As the design starts to take final form, the designer
should contact the test laboratory again for an informal
critique, at a point where the design is well conceived
but not yet frozen, There is a definite logic to this pro-
posed second communication with the testing personnel.
Generally, the assigned engineer has not been responsible
for the design and testing of all similar mechanisms for
a variety of projects within the company. Furthermore,
in a large company, he seldom has personal access to
the multiplicity of designers who have engaged in such
endeavors. However, the laboratories in the company
usually have been exposed to all these mechanisms and
the testing personnel have first-hand knowledge con-
cerning some do’s and don’ts.

Generally, only one contact of this type is necessary,
since most companies do not duplicate the laboratory
function, because of the expense for equipment and
special facilities. Personnel who staff these laboratories
have had painful experiences that will be most helpful
to the individual designer in an objective critique of the
conceived approach. At the very minimum, such a
critique can assure the designer that he does not expose
himself to the known pitfalls of others.

VII. Development of the Hardware

After the design comes the testing of the hardware,
both prototype and end-item configuration. Two phases
of testing normally occur — the first concerned with evo-
lution of the design and the second with formal proofing
of the final product. Both of these phases should encom-
pass functional and environmental aspects. Again, from
a laboratory viewpoint, it is our experience that the
maximum emphasis of the designer in the development
phase tends to focus on the functional requirement.
Environmental factors are considered in catalog selection
of the parts that go into the assembly, but actual envi-
ronmental confirmation of these parts and prototypes of
subassemblies is, for the most part, deferred until the
qualification phase. Herein lie the seeds of disaster. As
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design problems are encountered in the qualification test
program, two factors work against implementation of the
best solution. One is time, and the other is the packaged
state of the configuration.

Speaking from experience, I cannot emphasize too
strongly that all unproven parts and subassemblies
should be thoroughly evaluated under the use environ-
ment before final incorporation into the mechanism
design. For outside-purchased parts, the responsible de-
signer should be careful of interpreting or extending
vendor performance data. Remember that the vendor’s
fact sheet is primarily marketing-oriented. Sometimes the
performance data may be optimistic and not fully sup-
ported by test exposure. To protect himself, the designer
should not hesitate to ask the vendor for the results of
his test program. Even here, caution must be exercised,
since the test data might not consider the effects of com-
bined environments, life expectancy, or mounting orien-
tation. If possible, as the design is evolved, prototype
subassemblies and assemblies should be subjected to
selected environmental conditions of the use habitat.
Breadboard and bench evaluations of the mechanism
from a functional viewpoint are only part of the assign-
ment. Neglect of the complementing environmental ex-
posure constitutes a gamble.

This expansion of environmental testing in the devel-
opment phase costs money, but it certainly has economic
and other advantages over incorporating a fix under
conditions of a schedule panic, or loss of a multimillion
dollar vehicle at launch, or loss of data from “on station”
due to malfunction of an “insignificant” part or mecha-
nism. This recommendation is not a make-work program
for the test laboratory. It is a recommendation born of
experience. Let me cite one example of a qualification
failure that could have been avoided by an adequate test
program in the development phase.

Figure 1 depicts a payout cable mechanism used in
one of the Agena configurations. Its function is to supply
an extended electrical connection between the booster
and Agena vehicles during the separation sequence. As
the Agena moves away from the booster on a rail system
inside the booster adapter, the stowed cable is fed out
at a rate of 55 ft/s. When the cable is fully extended
and the Agena has cleared the booster adapter, then the
force from the displacing masses is applied through
the cable to the mating connectors. This pull force en-
gages a mechanism in the Agena mating connector which
causes disengagement of male and female segments and
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Fig. 1. Payout cable installed in functional test fixture (fop cover off)

release of the two vehicles. Magnitude of the load nec-
essary to activate the separation device was established
at 15 Ib maximum. The amount of pull required was
considered important because of the unwanted effect of
a higher load requirement upon the orbit path. This
assembly ensures that if a hang-up occurs in the slide-
out phase, then the extended electrical connection will
permit destruction of the total complex if necessary.
Two mechanisms are involved, one for stowing and
guiding the cable, and a second for disengaging the
Agena mating connector,

The assembled specimen was submitted for qualifica-
tion without the benefit of a prior development test. The
specification called for exposure to mechanical environ-
ments of acceleration, shock, and vibration, with func-
tional tests before and after each environmental condition.
The. delivered specimen was installed in a test fixture
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that simulated the exit motion of the Agena from the
booster assembly. This fixture was designed to duplicate
the mounting orientation of the payout assembly and
supply the prescribed motion rate and force load to the
Agena end connector as the cable was deployed.

In the first functional evaluation, the cable jammed in
the housing. It did not extend even when a pull force
in excess of 100 Ib was applied. To correct this situation,
several design changes were made in the housing. These
changes provided greater clearance in the relationship of
the stowed cable and the feed-out guides. The reworked
specimen then passed the pre-environmental functional
test in accord with the specified feed-out rate and pull
force.

As the first environmental exposure, the specimen was
subjected to several levels of steady-state acceleration.

193



While the specimen was under acceleration load, electri-
cal continuity was uninterrupted and the cable retained
a packaged position. A post-environmental functional test
was performed, and the system worked as required. The
next environmental exposure was a shock condition. All
proceeded well during this environmental condition, and
the subsequent functional test was satisfactory.

Finally, the assembly moved to the vibration environ-
ment. The vibration fixture and specimen mounting were
designed in a manner that simulated the vehicle config-
uration. With this setup, the specimen was exposed to
the prescribed vibration loads. Here, again, electrical
continuity was satisfactorily maintained during the envi-
ronmental exposure. Afterward, the specimen was re-
moved from the shaker and installed in the simulated
vehicle fixture to perform a post-vibration functional
test. The cable fed out as required, but the ‘Agena con-
nector failed to disengage at the fully extended cable
position and the prescribed pull Toad. A visual inspection
of the connector revealed galling and pitting of the race
and ball mechanism which activated the male-to-female
release. Further testing established that a force of 121 1b
was necessary to achieve disengagement, as compared
with the design requirement of 15 b maximum.

Since time did not permit the search for a new sepa-
rating connector, action was taken‘to decrease the vibra-
tion level experienced by the component. After several
changes in the mounting arrangement, an improvement
was made. As a result, the galling and pitting prob-
lem was minimized, and separation of the connector was
obtained at a pull force of 21 1b. These corrections were
made after a series of vibration exposures in different
mounting configurations.

The improved performance of the connector still was
considered marginal and, therefore, a backup separation
approach was begun. The backup system was based
upon a failure of the conductor strands at the point of
attachment to the connector housing. This safety arrange-
ment was to take over only if the connector failed to
disengage. A series of destruct tests was run to deter-
mine the load requirements for break-away of the con-
ductors from the plug attachments. Findings indicated
that with a multistrand cable of equal conductor lengths,
the force was well in excess of 100 Ib. A load of this size
was not acceptable because of the effect upon the orbit
path. To correct this situation, the electrical conductors
were assembled in varying lengths so that the pull force
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would be applied to each strand, one at a time. This
change lowered the force requirements to within accept-
able limits. In actual flight, the modified system func-
tioned well, and a clean separation was obtained.

Although, on the surface, the payout cable mechanism
appears to ‘be relatively simple, the qualification test
program ultimately involved three development efforts.
These included a first effort for functional payout of the
cable, a second for mounting orientation of the con-
nector, and a third for establishment of a backup release
system. In addition to the specimen requirements, a
moderate development program was necessary to de-bug
the test fixture which simulated speed and pull force
of the deploying Agena vehicle.

This qualification- test was originally estimated at
1215 manhours and was expected to be. complete in
3 weeks. In the final process, the test effort required an
expenditure of 3076 manhours, and a time period of
6 weeks. Compounding the situation were extreme pres-
sures for resolution, since the flight schedule was rap-
idly approaching.

The purpose of this example is to demonstrate that
even in the simplest devices, there can exist unexpected
complications. These complications are magnified when
they are encountered for the first time in a qualification
test program. A development test program encompassing
both functional and environmental factors is a sound in-
vestment in the long run: it minimizes the chance of a
major failure during the formal qualification demonstra-
tion, and it protects against those unplanned expenses
that occur when a major redesign must be developed and
incorporated as the flight date rapidly approaches. I am
sure that all of us have experienced the disappointments
of a last-minute test failure and recognize the problems
that result in cost, strained customer relationships, inter-
nal organizational conflict, and personal pressures. To
minimize these prospects, a good design plan must be
prepared early, and it must contain an adequate test
program.

VII. Summary

In summary, I would like to offer the following
suggestions:

(1) Establish design requirements for the individual
mechanism in writing before proceeding with
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(2)

conceptual work. Consider both functional and
environmental factors. Do not depend upon the
availability of a DCS document. If a DCS is avail-
able, do not accept its content as the current re-
quirement without checking.

Take steps to identify those highly personal needs
of each mechanism. Thoroughly sort out potential
problems introduced by the factors of motion or
displacement peculiar to your mechanism.

Don’t be reluctant to turn to the test laboratory for
assistance in determining the environmental re-
quirements, cost estimates for test phases, clues in
design pitfalls, and data references for tests of
similar mechanisms.
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(4) Place maximum emphasis upon functional and
environmental testing during the development
phase in order to avoid cost disadvantages and
embarrassment associated with a failure during
qualification.

In conclusion, the test laboratory organization is a
source of knowledge and experience which can be valu-
able to the individual designer. Unfortunately, these
talents are rarely tapped in the planning, design concep-
tion, or development test phases. As a consequence, in
many companies the test laboratory functions almost
exclusively as a qualification shop rather than an arm of
engineering and design. I urge the mechanism designer
to take advantage of this available knowledge and make
the laboratory a contributing partner in the design.
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Ball-Lock-Bolt Separation System

J. 1. Moulton

Pelmec Division of Quantic Industries
San Carlos, California

This paper describes the ball-lock-bolt separation system, which was developed
for aerospace applications that require a low-shock, controlled-release, nonfrag-
menting fastener. Different versions of the system are discussed, including mani-
folded arrangements and single-point release types, both of which have been

successfully flown in space.

. Introduction

The total system requirements for the ball-lock-bolt
eparation system may include any or all of the follow-
ng constraints:

(1) The separation function must be “soft,” imparting
no impulse to the separating vehicle.

(2) The system must completely contain all pyrotech-
nic gases, particles, and contamination.

(3) The system must have high strength in tension and
shear for structural load requirements.

(4) Actuation must be manual for ease of assembly
and handling.

(5) The flight system must be capable of being tested
for function during ground handling operations.

(6) Flight safety must be maintained by providing
an inert system until final installation of the
pyrotechnics.
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Il. Principle of Operation

The ball-lock-bolt separation concept provides a basic
mechanism of simple design with a proven history of
satisfactory performance. Figure 1 depicts the basic
elements of the mechanism. These are the bolt body, the
actuation spool, the restraining collar, and the release
balls. The collar and the bolt disengage when the actua-
tion spool is displaced such that its reduced diameter
allows the ball to retract below the outer diameter of
the bolt. The only energy released as a result of the
separation action is the strain energy involved in pre-
loading or torquing the bolt on installation.

A kinematic study of the release action of a ball-lock-
bolt is shown in Fig. 2. This study presents four loading
conditions encountered during the release action.

A. Static Loads

Figure 2a depicts the condition of the system under
a static tensile load F. All forces through the ball act
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Fig. 2. Kinematic study of the bali-lock-bolt release action, showing four loading conditions
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normal to the surface of the ball. Assuming a 45-deg
contact angle with the collar, the reactions at points A
and B are equal to the applied force F, and the reaction
at C equals 1.414 X F. This loading condition may be
maintained indefinitely at levels below the proof loads
shown on Fig. 3.
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=
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TENSILE LOAD, 103 Ib

Fig. 3. Load capacity of a properly proportioned
ball-lock-bolt mechanism

B. Static Loads Plus Friction Loads

Figure 2b depicts the condition of the preloaded sys-
tem at the instant of first pool motion under gas pressure
Pyes. The full breakaway static friction force F; is devel-
oped only at point A. This sliding friction force tends to
oroduce rotation of the ball, which is counteracted by
static friction forces at B and C. It is noted that the
‘riction reaction at C is in the direction to oppose motion
of the collar. '

C. Release Action

Figure 2c¢ depicts the condition of the system as the
»all has started to retract within the bolt body and
he system preload has dropped to zero. The system pre-
oad is represented by the distance denoted as d, which
s equal to the total elastic strain of the system under
reload. At this point, no forces are acting on the ball.
t is noted that the motion of the collar at this point is
lue to the elastic spring-back of the restrained system,
ot to any release action attributable to the bolt,

). Release Complete

Figure 2d depicts the final condition of the system as
1e spool has moved sufficiently to permit the ball to
rop below the outer diameter of the bolt. The collar
: now completely free to disengage and separate from
1e parent vehicle.
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ll. Tensile Strength

The tensile strength of a ball-lock-bolt mechanism is
a function of the number of balls utilized and their geo-
metric arrangement. The load capacity of a properly
proportioned ball-lock bolt is depicted in Fig. 3. The
four curves represent the various loading conditions as
a function of bolt-body diameter versus tensile load.
These curves represent the results of actual tests and
may be considered typical for a well-proportioned bolt.

Curve 1 represents the maximum operating load, de-
fined as the maximum load at which the device may be
released without degradation. It is recommended that the
bolt be operated at as low a tensile load as the applica-
tion will allow.

Curve 2 is the proof load or maximum structural
working load. This load is applied to each bolt as an
individual acceptance test. Any subsequent loading
within this limit may be applied repeatedly without
plastic deformation taking place.

Curve 3 represents the limit load, defined as the load
which will cause a minimum deformation and which,
after being removed, would have produced sufficient
yield to reduce the initial preload to zero. However, the
bolt will still maintain that applied load, after which
successful release can be accomplished.

Curve 4 represents the ultimate load, defined as the
load at which sufficient deformation has taken place to
prevent clean separation. The bolt, however, will be
structurally intact. The point at which tensile failure or
fracture will occur is somewhat above this curve; for
example, the 0.550-in. diameter bolt shown in Fig. 1 has
been loaded to. destruction in the 14,000- to 15,000-1b
range.

IV. Applications

Figure 4 depicts typical separation-system bolts,
which were flown on the MK11, 11A, and 12 reentry
vehicles, and Fig. 5 shows several general arrangements
for the associated gas generator and tubing manifold
systems. The manifolding may take the form of pneu-
matic tubing, a confined detonating fuse, or an electrical
network distribution.

The pneumatic-tubing arrangements shown in Fig. 5
are usually applied either when insufficient electrical
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Fig. 4. Typical separation-system bolts

power is available or the number of circuits is at a mini-
mum. Two electrically initiated gas generators, either
of which will operate the separation system, with the
appropriate tubing manifold, constitute the wusual ar-
rangement, as shown in Fig. 5a and b.

For manifolded systems requiring release under high
preload conditions or high active-load conditions, the
recommended arrangement is that shown in Fig. 5c, in
which three gas generators are available but any two
will successfully operate the release system. This scheme
would reduce the peak pressure required of the full
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operating system. Another possible source of manifold
pressure is a cold-gas storage bottle with a single- or
- dual-cartridge valve. In cases where electrical energy is
abundant, each separation bolt can incorporate dual
cartridges.

Should higher load levels than those depicted in Fig,. 3
be required, a second row of balls may be added rather
than increase the bolt-body diameter. The capacity of a
tandem-row ball-lock bolt will be approximately 190%
of the curves shown. However, Curve 1, representing
the maximum operating load, would remain essentially
unchanged.
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{a) TWO GAS GENERATORS

(4) BALL-LOCK BOLT

TUBING

{b) TWO GAS GENERATORS

(4) BALL-LOCK BOLT

(2) GAS GENERATOR

(2) GAS GENERATOR

(c) THREE GAS GENERATORS

(4) BALL-
LOCK BOLT

(3) GAS GENERATOR

Fig. 5. Three general arrangements for gas generator and tubing manifold systems

V. Single-Point Release Applications

A number of versions of the ball-lock bolt have used
single-point restraint. Figure 6 depicts two typical single-
point release bolts, both of which have performed suc-
cessfully in space. In these applications, multiple nuts
are used in the long threaded portion to retain the bolt
after separation, and the attitude-control-package re-
lease bolt doubles as an ejection-spring guide. This
arrangement, in which the bolts are released by direct-
fired dual cartridges, has proved very satisfactory. How-
ever, for systems requiring very high preloads, the peak
energy of the dual cartridges produces an excess-energy
problem. For high preloads, in the range of 5,000 Ib,
repeated tests may be conducted on a single bolt only
at the single-cartridge pressure level. Reuse after dual-
cartridge operation is not recommended.

3rd AEROSPACE MECHANISMS SYMPOSIUM

VI. Conclusion

The ball-lock-bolt separation system offers the designer
a wide range of potential applications for soft separation
functions. Its application for quick-release systems is
limited only by the ingenuity and imagination of the
systems designer. For example, a ball-lock bolt could
both release and retract with the pyrotechnic energy of
the gas generator system, providing a clean separation
plane, Conversely, separation thrust could be provided
by continuing the stroke of the actuation spool, thus
utilizing the manifold energy for separation force. It is
possible to hydraulically interconnect a system of bolts
whereby simultaneous release and thrust are guaran-
teed. Since the test hardware for any new system could
be used repeatedly, these systems could be developed in
a minimum time with a minimum cost.
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Fluid Thermal Actuator®

B. A. Shepherd and K. R. Johnson

Radio Corporation of America
Astro-Electronics Division
Princeton, New Jersey

The purpose of this investigation was to design, develop, and build a thermal
actuator for use as the sensor and prime mover of a spacecraft active thermal con-
trol system for use on NASA's ITOS (Improved TIROS Operational System)
meteorological satellite. Specific thermal requirements of the spacecraft imposed
certain design constraints on the actuator, among which were: a predictable oper-
ating temperature range, flexibility of range adjustment, over-temperature relief,
and a comparatively large force output. Additional requirements were minimum
weight and high reliability. Investigation indicated that a design based on the
thermal expansion characteristics of a confined fluid was the best means of meet-
ing the requirements. Design philosophy and the implementation are reviewed,
and a series of design equations from which predicted performance curves can be
derived is given. A comprehensive test program, developed and performed on a
breadboard model and on flight-configured units of this actuator, is described,
and the results are presented in relation to the specified design goals and the
predicted characteristics of the device. The operating parameters of the actuator,
as designed for the ITOS satellite, are summarized, and the degree of flexibility
of the basic design concept and its adaptation to other systems of spacecraft active
thermal control is discussed.

l. Introduction

In the design of any space vehicle, thermal control of
the environment is of prime importance in maintain-
ing the operational reliability of the onboard equipment.
There are reliable passive techniques of control, such as
control of surfaces, location of equipment, and orbit
configurations; however, in many cases, they become

*The work described in this paper was performed for the NASA
Goddard Space Flight Center under Contract NAS 5-10306.
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burdensome and unpredictable, and an active thermal
control system is required.

Typically, active thermal control systems vary the
effective area of a radiative surface with a louver, or
series of louvers, opening and closing in response to
temperature. The thermal actuator described in this
report (Fig. 1) provides the sensing and prime motion
in such a system. The actuator operates on the principle
of controlled thermal expansion of a confined fluid; its
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Fig. 1. Thermal actuators and conirolled louvers on the ITOS satellite
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output is linear motion as a function of the sensed
temperature.

The consideration for an active thermal controller on
NASA’s ITOS meteorological spacecraft stimulated the
development of this thermal actuator, which culminated
in an actuating device that senses the spacecraft tem-
perature and controls a single 35- X 5-in. louver. Four
of these systems in different locations on the spacecraft
provide the required thermal environment.

Il. Design and Development
A. Constraints for ITOS Actuator

The ITOS active thermal control system had need for
a thermal actuator that would meet the following
requirements:

(1) Operating temperature range, 20 ==1.5 centigrade
degrees.

(2) Range selection from —10 to +10°C and up to
+35 to +55°C.

(8) Over-temperature relief, regardless of selected
range, of +60 centigrade degrees.

(4) Minimum weight.

{5) Reliable operation in space for 1 year (equivalent
to 5000 cycles).

(6) Linearity of the driven louver stroke temperature
gain within 10% of full stroke for any point in
the range.

The size of the controlling louver and the resultant
bearing design dictated that the actuator have a rela-
tively high force output compared with that of other
actuators of a similar function. A further restriction pre-
vented this device from consuming any of the available
power from the solar array.

B. Preliminary Study

Actuator selection necessarily had to be fitted to over-
all system requirements of a particular application. A
survey was made of existing actuating devices to deter-
mine which was most applicable for the ITOS require-
ments. The designs investigated included use of the
following: (1) bimetallic springs, (2) on—off and propor-
tional heater controls, (3) stepper motors and solenoids,
and (4) gaseous expansion actuators. None of the schemes
reviewed could satisfy the ITOS requirement of high
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force output without supplementary power drain on the
spacecraft power supply. Therefore, it was decided to
proceed with a design that had not previously been used
for this purpose, one that utilized the controlled thermal
expansion of a confined fluid. There were several advan-
tages to this method that was selected for development:
(1) such a design would provide local temperature sens-
ing at the actuator, (2) it would not require an external
power source, and (3) a large force output could be
extracted from the thermal energy imparted to the fluid
due to temperature changes.

C. Fundamental Design Equations

The equation describing the volumetric characteristics
of a compressible fluid at rest is derived as follows:

v = f(T, p, m)
ov ov ov
= — —_— — 1
dv T dT + = dp + dm (1)

where
v = volume
T = temperature
p = pressure

m = mass

For a closed system, dm is zero. If we define thermal
expansion coefficient 8 as

1 ov

T =T

v oT

and fluid bulk modulus B, as

op
Bp= —v—~
then Eq. (1) becomes
d
dU=,3T0dT"'U P @
By '
Rearrangement and integration of Eq. (2) give
Ap
wma[mma-21] o
Bo
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Let

Ap
x=Br AT — —
Pr B,

then, from the Fourier expansion of ¢* and Eq. (3),

_ [<1+x+x2 xn ]
v =1, T :?I'*""n! -1

By an order-of-magnitude analysis,

(4)

0(x) = 102

0(x?) = 10+

Therefore, the terms of n = 2 and higher in Eq. (3) can
be neglected, and the reduced form of the equation
becomes

Ap
By

To implement this equation, it is necessary to select
a fluid with predictable 8, and B,, define pressure as a
function of temperature, and provide a means of con-
verting Av into linear motion.

(5)

v = vy Br AT — v,

The thermal expansion and bulk modulus coefficients
of most fluids are clearly defined and are available as a
function of such other parameters as temperature and
viscosity. For the actuator of this report, silicone oil is
used — primarily for its constancy of expansion coeffi-
cient with temperature, its low vapor pressure, and the
expansion coefficient selectivity permitted over the range
of available viscosities.

Conversion of volumetric expansion into linear stroke
is conveniently accomplished with an expandable cham-
ber — namely, a bellows of sufficient stroke and pressure
capability. Using a bellows, the relationship between
stroke and volumetric change required in Eq. (5) is
given by the following:

(6)

where Ay is the mean area of the bellows. This design
uses two bellows, one for the driving function and
the other to provide adjustment of range and over-
temperature relief. The inherent spring rates of these
bellows provide the energy necessary for motion as the
fluid contracts with decreasing temperature.
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Fig. 2. Cross section of the thermal actuater
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Each bellows operates in concert with a drive spring.
These springs supplement the bellows spring rate and
raise the force level of the system. The bellows/spring
combinations are the sole determinants of the pressure
buildup in the actuator.

D. Configuration and Operational Description

A cross section of the actuator is shown in Fig. 2.
Basically, the actuator can be considered in two parts,
referred to as the drive system and adjust/relief system.
These two systems are hydraulically coupled to each
other and to the reservoir. The fundamental components
of .the drive system are the drive bellows, drive spring,
and drive piston.

The drive piston moves linearly on two piston-ring
Teflon bearings. Not being rigidly attached to any fixed
part, the piston is free to rotate; this provision allows
linear adjustment of the external rod when it is locked
on a shaft. The drive bellows is made of nickel and is
accurately fabricated by electrodeposition for predict-
able spring rate, stroke, and pressure capability. To pro-
vide a usable stroke in a minimum package, the bellows
is used in compression and extension, with the drive
spring accomplishing the compression of the bellows.

As the fluid in the actuator expands with temperature,
the drive bellows moves linearly to accommodate the
2xpansion, working against the drive spring and moving
‘he drive piston in an outward direction. In a cooling
mnode, with the fluid contracting, the drive spring pro-
vides the necessary force levels.

The drive ‘spring is preloaded so that the minimum
‘orce level of the drive spring—drive bellows combination
with the drive piston full in (8 = 0) is not less than 4 Ib.
This available return force increases linearly as the drive
spring is compressed with the piston moving out. The
:alculation of this force reflects the combined spring rates
f the spring and bellows. Figure 3 shows the relation-
hip between drive position and available return force.

At first glance, it would seem that the available force
n the outward direction during heating would be ex-
remely large and limited only by any compressibility of
he fluid. However, the force is limited to the threshold
orce or internal pressure at which the relief system
iicks up.

The adjust/relief system consists of a bellows, spring,
nd piston arrangement similar to the drive system and,
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Fig. 3. Available force diagram, thermal actvator

also, an adjuster with a locking nut. This combination of
components performs the two supplementary functions
of the thermal actuator: adjustment of the operating
range and over-temperature relief. The spring and bel-
lows spring rates of this system are sized to be compat-
ible with the drive system. That is, the relief system is
preloaded such that the minimum pressure required to
move it is greater than the maximum pressure developed
in the drive side. A typical pressure/temperature plot
for the actuator is shown in Fig, 4.

This adjust/relief system also incorporates the adjust-
ment feature that permits the nominal 20 C° tempera-
ture range to be selected anywhere between —10°C and
+55°C. Adjustment in all cases means adjusting to the
temperature at the low end of the 20 C° range. The abil-
ity to provide this adjustment can be explained as fol-
lows: With the unit filled with a known amount of fluid
at a certain temperature, it is true from the thermody-
namics of the closed system (Eq. 5) that there is a unique
absolute volume of fluid associated with each and every
temperature of the bracketed range. Therefore, by
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threading the adjusting nut, which simply expands or
contracts the adjust/relief bellows and changes the in-
ternal physical dimensions of the actuator, any specific
temperature can be selected below which the fluid has
not reached a sufficient volume to be effective. This
represents the temperature at the low end of the desired
20 C° range.

E. Design Considerations and Materials Selection

1. Prevention of metal-to-metal contact of moving
parts. In developing the actuator, there were a number
of design considerations, selections, and philosophies
that were felt to be pertinent to meeting the outlined
goals. Most of these were motivated by the requirement
to guarantee operation for 1 year in space. For example,
the use of nonlubricated Teflon/steel bearings was dic-
tated to avoid the evaporative and contaminating char-
acteristic of viscous lubricants.

This philosophy was more applicable to the design of
the moving louver section of the active thermal con-
troller, but it is reflected in the design of the Teflon
rings upon which the drive and adjust/relief pistons
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move. A related design philosophy is the use of nylon
sleeves as guides for the springs and bellows. The de-
sign, in total, does not permit metal-to-metal contact of
any moving parts.

2. Selection of bellows. The electrodeposited type of
bellows was selected because it provided the best com-
bination of available stroke, predictable spring rate, and
wall homogeneity. Hydraulically formed bellows are
stiffer and do not offer satisfactory available stroke per
unit length, Welded bellows have a significant stroke
advantage, but their noncontinuous construction does
not provide the desired confidence against leakage.

In selecting a particular pair of bellows, the design
procedure was iterative within the operating limits of
the bellows and the defined parameters for the actuator.
With the temperature requirements of range, adjust, and
relief, and with a reasonably selected stroke, the design
approach was one of selecting the bellows/spring com-
bination to reach a proper balance of the following
parameters:

(1) Available force of drive system.
(2) Bias relationship of drive and adjust/relief systems.
(3) Maximum allowable pressure of bellows.

3. Minimizing contaminants. With consideration of a
design of this type, it was readily concluded that the
ability to predict the operation of the device and, fur-
thermore, to have confidence in the operation was highly
dependent on the selection of the fluid, the amount of
contaminants introduced, and the sealing quality of the
chamber. It was previously mentioned that silicone oil
was selected for its low vapor pressure, stability of ex-
pansion coefficient 8, and range of expansion coeffi-
cients as a function of viscosity. Other fluids of higher
Br were considered, but they did not offer the flexibility
of selecting within their specie a range of expansion
coefficients. It is also true that many of these fluids
were of magnitudes higher in vapor pressure, which
could not be allowed because of the natural compress-
ibility of gaseous vapors.

Because the operation of the device is fundamentally
based on the small expansion capability of a confined
fluid and because the effect of pressure buildup in the
system is to subtract from this effect, it was highly unde-
sirable to introduce compressible contaminants into the
device. Of particular concern were traces of volatile
components and entrained air in the fluid, air trapped
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in the bellows during filling, and air introduced during
the final sealing procedure. Proper selection of fluid plus
a vacuum de-aeration process negated the first concern
of volatiles and entrained air.

The second concern of entrapped air during filling
was felt to be minimized by a vacuum backfill technique
wherein the fluid is introduced from a filling reservoir
into the vacaum of the device. The problem of intro-
ducing air during the final seal was solved by use of the
sealing mechanics shown in Fig. 2. The device may be
sealed completely below the fluid level without the
introduction of air.

lll. Testing and Results

Testing of the actuator was done on a breadboard
model identical to the flight model from the standpoint
of operation and performance, Testing was carried out
as a development program learning process with two
objectives. The primary objective was to show that the
actuator performed as designed and that the design
goals, stated earlier, had been achieved. The secondary
objective was an evaluation of the effect of certain un-
predictable variables (mechanical compliance, entrapped
air, and a variation in the fluid bulk modulus 8,) on the
overall system performance.

All tests were performed in a temperature-controlled
chamber. By the use of a potentiometer to monitor dis-
placement and a temperature-compensated strain-type
pressure transducer to check fluid pressure, the unit was
evaluated over all temperature ranges. Freedom of range
selection was demonstrated, as is shown on Fig. 4, which
also shows the over-temperature relief capability to be
in excess of the desired 60 C=.

Initial tests in the program indicated that the operat-
ing range of the actuator was 24 C°, instead of the pre-
dicted 20 C°. It was further shown that the operation of
the device was identical for any selected range. From
consideration of the four parameters (v, Br, Ap, 8,) of
Eq. (5) which affect the Av/AT relationship, it became
evident that the value of the fluid bulk modulus g, en-
joyed our least confidence. Bulk moduli are typically
published for high-pressure ranges, leaving low-pressure
values to extrapolation and curve fitting.

Curve fitting from available manufacturer’s data, how-

ever, resulted in an analytically determined compress-
ibility that was one order of magnitude lower than that
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originally used. Furthermore, continued testing led to
a conclusion that, in fact, we were dealing with other
factors that were operating collectively to give us what
we now term an equivalent bulk modulus (8, ). Such
factors as entrained volatile fluid components, inherent
bellows compliance, and air entrapped during the filling
operation could all interact in the equivalent system.

An analytical evaluation of the B, reflecting this
interaction would at best be difficult because of the
interrelated variables listed above. Thus, to substantiate
our conclusion and evaluate the equivalent modulus, an
empirical approach was undertaken in the form of
an over-temperature pressure test, The results of this
test are shown on Fig. 4. Above 62°C, a region where
Av =~ 0, the graph indicates a finite change in pressure
as a function of a change in temperature. Analysis of
this data by Eq. (5) gives g,, = 17 X 10° psi.

To compensate for a decrease in B8, , which (accord-
ing to Eq. 5) manifests itself as a reduction in gain, a
new fluid with a higher B was selected. Subsequent
testing showed the operating range to be 20 =15 C°
with a linearity of 2% maximum. With the operating
range of 20 C°, the over-temperature relief became
60 C-°, as predicted.

IV. Conclusion

The tangible result of the developmental effort was
the local-sensing thermal actuator with the following
characteristics, which met the earlier established design
constraints imposed by requirements for ITOS:

(1) Operating range provided was 20 ==1.5 centigrade
degrees.

(2) Range selection was from —10 to +10°C up to
+35to +55°C.

(3) Over-temperature relief of 60 centigrade degrees
was provided.

(4) Stroke/temperature linearity was within +2% of
the full stroke.

(5) Available force output was 4 to 7 Ib.
(6) Weight was 2 1b.
(7) Reliability predicted was 0.995 for 1 year operation

in space.
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"(8) Minimum expected life is 107 cycles, based on bel-
lows capability.

(9) Ability to change operating range by changing B8
was provided.

More fundamentally, the effort reduced to hardware
and proved through test the reality of a thermally actu-
ated device based on the principle of controlled fluid
expansion. Such a device is particularly suited to appli-
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cations where the consumption of electrical power is not
permitted and, at the same time, predictable high force
outputs are desirable.
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The key functional component in a gravity-gradient stabilization system is the
energy dissipation device, which, in most of these systems, is a lossy coupling.
This paper describes some of the suspension and energy dissipation methods
utilized in this type of component. Two of these couplings and their functional

test methods are covered in detail.

I. Introduction

The ever-increasing life requirements of orbital sys-
tems have brought about increased interest in satellites
which utilize the gravitational gradient for all or part of
their orientation, These satellites are configured so that
they are essentially gravitation pendulums. However, a
simple pendulum would oscillate because of initial “tip-
off” disturbances, orbital eccentricity, solar pressure, etc.
Therefore, it is necessary to extract this libration energy
by some means.

Thus far, two successful basic system approaches have
been used. Both utilize relative motion between a pri-
mary and a secondary body. The first approach anchors
a secondary body to the earth’s magnetic field. This re-
quires, first, the existence of the field and, secondly, that
the field be predictable. The second approach utilizes a
secondary body which, through a spring coupling, has
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a null position at some fixed angle to the primary body.
This inertia-spring system is tuned so that external dis-
turbances will result in relative motion between the two
bodies. In both approaches a damper, which dissipates
the libration energy in the form of heat, is placed be-
tween the primary and secondary bodies. In the second
approach above, the energy dissipation device and the
spring are combined in a single coupling, referred to as
a damper. This paper describes the design, development,
and testing of two such dampers.

One of these devices was flown on a Naval Research
Laboratory (NRL) satellite in mid-1967 and a second and
different type is scheduled for launch in mid-1968 on the
NASA Radio Astronomy Experiment (RAE) satellite.

'For more information on the RAE satellite, see “The Radio
Astronomy Explorer 1500-ft-Long Antenna Array” by E. Angulo
and W, P. Kamachaitis, in these Proceedings.

211



—9

o— |

BT MECHANICAL DAMPER L =1 T &

0.5

PITCH SPRING, 10™* ft-Ib/rad
e
/

PITCH DAMPING, ft-Ib-s/rad

j 54
=
-
o
=g SPRING CONSTANT
L
oo

A

N
Q. \\ R O.l
oA AN
a N\
DAMPING ~~

COEFFICIENT n\ \ 0.05

oorl

500 5,000 10,000 15,000 20,000
ALTITUDE, nmi

Fig. 1. Representative maxima for pitch damper parameters for pitch inertia =~ 1000 slug-f

212 3rd AEROSPACE MECHANISMS SYMPOSIUM



The functional parameters of couplings such as those
discussed here depend on a number of variables which
include the altitude, steady-state excursion limits, etc.
The analysis that determines these parameters will not
be dealt with here, but, as a matter of general interest,
the variation in functional parameters due only to orbit
altitude is shown in Fig, 1.

Il. Suspensions and Damping Methods Selected

Three basic spring suspensions (diamagnetic, torsion
wire, and flexural pivots) and two different damping
methods (magnetic eddy current and magnetic hystere-
sis) are used in various combinations in the dampers
developed to date.

A. Diamagnetic Suspension

Materials that have a magnetic susceptibility. less than
that of free space are called diamagnetic. The most
prominent of these materials are bismuth and carbon.
The most useful is graphite (the crystalline form of car-
oon) and, most recently, pyrolytic graphite, because of
ts relatively low density and high strength. When these
naterials are partially immersed in a magnetic field,
hey experience an expulsion force. By shaping the mag-
1etic field and the material, a spring characteristic and a
;uspension force can be obtained.

Since the difference between the magnetic suscepti-
iility of diamagnetic materials and that of free space
ccurs in the sixth significant figure, the forces gener-
ited are very small. This factor, as well as other con-
traints, limits this suspension to applications requiring
elatively low orthogonal force ratio and torsional spring
onstants of approximately 1 X 10~ ft-Ib/rad or less.
uch a suspension is extremely rugged and relatively
msusceptible to mechanical damage during handling,
wnch, etc.

Philco-Ford’s developments of diamagnetic suspen-
ions are described elsewhere.? The present paper con-
iders only torsion wire and flexure pivot applications.

. Torsion Wire Suspension
Torsion wire suspension utilizes torsional stress resul-
mts for rotational constraint. Location and suspension

farx, S., Development of a Damper for Passive Gravity-Gradient
tabilization, NASA SP-107. National -Aeronautics and Space
.dministration, Washington 25, D. C., 1966.
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forces are obtained by axial wire load. Although a large
range of spring constants is obtainable, Philco-Ford ex-
perience has been concentrated in the range of 1 X 10~
to 1 X 102 ft-lb/rad; however, this has been due to
system constraints rather than suspension limitations.

C. Flexure Pivot Suspension

This suspension utilizes flexural stress resultants of
very thin beams to obtain torsional spring characteristics.
These beams are arranged so that a near-constant center
of rotation is maintained. This suspension is particularly
useful over approximately the same range as the torsion
wire; moreover, it has the advantage of being much more
compact for a comparable spring constant. It has the
disadvantage of being easily damaged by relatively
small displacements in the nonactive axes and requires
specialized techniques and capabilities to manufacture
in the size of interest here.

D. Magnetic Eddy Current Damping

The motion of a conductor in a magnetic field results
in induced currents circulating throughout the volume
of the conductor. Because of their general circulatory
nature, these are referred to as eddy currents. The inter-
action between these currents and the field results in a
braking torque on the conductor. Rotational energy is
dissipated in the form of heat generated by the eddy
current circulation. The damping experienced is “vis-
cous” or velocity-dependent and therefore lends itself to
straightforward analysis. This method has the disadvan-
tage of having a relatively high weight-to-energy extrac-
tion ratio for the applications considered here.

E. Magnetic Hysteresis Damping

The magnetic domains in ferromagnetic materials are
randomly oriented. When subjected to a strong external
field, these domains become aligned with the field. If
the field is reversed, the domains realign themselves; this
results in a mechanical working of the material at the
microscopic level and thereby dissipates energy in
the form of heat. This process is analogous to mechanical
elasto-plastic hysteresis. A typical torque-displacement
curve is shown in Fig. 2.

Consider a ring that is rotating in a plane perpendicu-
lar to a pair of magnets as shown in Fig. 3; as an ele-
ment passes under the magnet, a field reversal takes place.
This process dissipates energy and thus a braking (or
damping) torque results. This damping is displacement-
dependent and does not readily lend itself to closed-form
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analytical methods, The ratio of energy dissipation to
weight is relatively high.

F. Two-Axis Eddy Current Damper

The satellite configuration shown in Fig, 4 has one
fixed vertical boom and tip mass attached to the spherical
main structure. The secondary body, which is coupled
through the two-axis damper to the primary body, con-
sists of a V-boom with an included angle of 62 deg.
Freedom of rotation about the pitch and roll axes is
30 deg. The damper assembly is shown in Fig. 5. Its
pertinent performance parameters are shown in Fig. 4.

214

MAGNET

FERROMAGNETIC RING

Fig. 3. Typical hysteresis circuit

SPRING CONSTANT
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DAMPING COEFFICIENT
PITCH AXIS = 0.i14 ft~1b-s/rad
ROLL AXIS = 0.027 ft-lb-s/rad

YAW

62 deg

”
PITCH

ROLL

Fig. 4. NRL boom/satellite configuration

Because of the magnitude of the required spring con-
stants, a totally mechanical suspension was used. The
inner (roll} axis uses an Elgiloy torsion wire for the spring-
restoring moment and suspension. Axial tension is pro-
vided by two cantilevered beryllium copper end springs.
The pitch axis, which is exercised through the roll
suspension, uses flexure pivots to conserve space. Damp-
ing in both axes is of the eddy current type, using copper
rotating elements and matched Alnico V permanent mag-
nets. The “railroad track” configuration of the pitch
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ment cancellation and residual determination and envi-
ronmental tests.

Damping tests were run using auxiliary suspensions
and the flight rotating elements and magnets. The decay
the rotating ,Iement from an m1t1a1 dxsplacement is

_ the potentiometer is recorded The test setup is
calibrated before every run.

The spring constants of both ax
ing a known inertia and meas
riod induced by a step function

mag‘netic field, and the magnetic dipole is obtain
“a ‘Fourier analysis.

G. Single-Axis Damper for Radio Astronomy Expenment
Fig. 5. Two-axis eddy current damper (RAE) Satellite

1 - h F devel
nductor (Fig. 5) is to provide the eddy current retum A sigle axis damper sen in Fig. 7. was ere

.th, which is necessary for efficient damping, todd to be a hysteresm
pole control, which is essential with ion, g& y j0- ft.1b/rad ar
1s maintained by using soft iron pole shoes, | of 1 X 10 ft:Ib. This

- gaps, and a careful magnet-matching techmque ‘The :
sidual dipole was cancelled by a small additional

agnet,

The damper assembly was caged during handling and
mch by a pair of clamps which secured both axes.
iese clamps were released by py
is mechanism is shown in Fi
1ss was secured by a pin-pull
e V-boom tip masses were c:
rchanism which was released |

: guillotine cutters. The indep d re-
se mechanisms were required because of the system
ployment sequence. :

and because of requlrements

to damping torque saturation as well as s the torque rip-
Because of the nature of the suspensions and the rela- ~ ple, it was necessary to const ecial test stand.
e size of the damping coefficients, all functional The test stand uses a cahbrated input torsion wire to
-ameters were tested at the component or subassembly  drive the damper and an optical servo drive to track the
el. Testing on the assembly consisted of dipole mo-  damper excursion. The input torsion wire rotation is
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PITCH AXIS
CLAMP POINT}

4~ ROLL AXIS
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PYROTECHNIC
PIN PULLER

Fig. 6. Pyrotechnic pin-puller mechonism on fwe-oxis eddy current damper
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INCHES

Fig. 7. Single-axis damper developed for the RAE satellite

orded on one axis of an x-y plotter simultaneously
h the optical tracker (damper) excursion on the other
. The resulting plot displays all the pertinent func-
wal parameters. A typical output is shown in Fig. 2.

iii. Conclusions

Gravity-gradient stabilization systems have been flight-
proven at selected altitudes. Components for systems to
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be used at earth orbits up to synchronous altitude, and The optimum method or system to be used is a func-
comparable orbits of other bodies, can be built using tion of mission requirements and each case must be
methods and procedures already developed. individually examined.
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