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ABSTRACT

An analytical study was performed to evaluate the potential application of space
storable propellants to unmanned planetary orbit missions. The study concentrated on
retrostages for Jupiter and Saturn orbiter missions. The performance capabilities and
space storage characteristics of Earth storable, space storable, and deep cryogenic
stages are compare&. Mission times up to 1500 days were considered, and all results
shown are based on nonvented propellant storage over the entire mission time.
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SUMMARY

An analytical study was performed to evaluate the potential application of space
storable propellants to unmanned planetary orbit missions., The study concentrated on
retrostages for Jupiter and Saturn orbiter missions. The performance capabilities and
space storage characteristics of Earth storable, space storable, and deep cryogenic
stages are included and compared. The launch vehicles considered were uprated Saturn I
Centaur, 260-inch solid/S-IVB/Centaur, Saturn V, and Saturn V/Centaur. Mission times
ranged from 500 to 1500 days.

The results indicate that for the missions considered the space storable propellants
can be stored nonvented over the entire mission time independent of stage orientation by
utilizing multilayer insulation and low conductivity tank supports. Utilizing payload to
the Sun orientation plus shadow shields results in storability characteristics for the deep
cryogenics that are similar to those of the space storables.

The results also indicate that both the space storable and the deep cryogenic stages
offer a payload advantage over Earth storable stages when compared on a fixed velocity
increment (AV) basis. However, regardless of the propellant combination selected, the
payload level can be significantly influenced by changes in trip time, periapsis altitude,
and orbit eccentricity. Therefore, the absolute advantage of the more energetic propel-
lant combinations over Earth storables is largely determined by how rigidly the payload
planner constrains the mission parameters.

INTRODUCTION

Most space propulsion systems utilized to date or presently under development are
based on the use of liquid or solid Earth storable propellants. At the present time, there
is considerable interest both within NASA and in industry regarding the application of
"'space storable'' propellants to future manned and unmanned missions. The term
'*space storable'' as utilized herein applies to that class of liquid propellants whose nor-



mal boiling points fall in the range of approximately 88.9 to 183.3 K. For the analytical
study documented by this report, methane-flox (82.5 percent fluorine - 17.5 percent
oxygen) was selected as a representative space storable prdpellant combination. The
space storable propellants are more energetic than the Earth storables. This fact can
affect the launch vehicle requirements for some missions. Also, even though the space
storables are less energetic than the deep cryogenics (i.e., those combinations involving
hydrogen), they exhibit higher normal boiling point temperatures and give higher propel-
lant bulk densities than the deep cryogenics - both of which affect the propellant stor-
ability.

In order to evaluate the potential application of space storable propellants to un-
manned planetary orbit missions, an analytical study was performed. The study concen-
trated on retrostages for Jupiter and Saturn orbiter missions. These stages were as-
sumed to perform only the braking maneuver at the planet and were not used to provide
any of the injection AV requirement. The performance capabilities and space storage
characteristics of Earth storable, space storable, and deep cryogenic stages are in-
cluded and compared. All results shown assume nonvented propellant storage over the
entire space portion of the mission from injection to retro into planetary orbit.

MISSION ANALYSIS
Energy Requirements

The velocity requirements for the planetary missions discussed in this report were
generated assuming that the planets are in circular coplanar orbits around the Sun.
Consequently, the data, although useful for illustrating the general requirements and
trends, can be somewhat in error for a specific planetary opportunity.

The general behavior of the retrovelocity requirements for Jupiter and Saturn or-
biter missions is shown in figures 1 to 4. In figure 1, retrovelocity increment (AVr) is
plotted as a function of apoapsis radius ratio (apoapsis radius/planet radius) for a peri-
apsis radius ratio (periapsis radius/planet radius) of 3. 0. Data for the minimum energy
trip and for a mission with a flight time about half that of the minimum energy trip are
shown. The required injection velccity at Earth for each of the specified trip times is
also given. The injection velocity used herein is the actual velocity of the injected mass
assuming injection occurs at 185 kilometers. The figure indicates that, for a constant
periapsis radius, AVr may be reduced greatly by accepting higher apoapsis radii (more
eccentric orbits) or longer trip times. Figure 2 shows similar data for Saturn missions.
The same general observations may be made for Saturn as for Jupiter although the
slopes of the curves are somewhat different.
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Figures 3 and 4 show the effect of periapsis radius on the retrovélocity require-
ments for Jupiter and Sa.turn, respectively. For a typical trip time to each planet, AVr
is plotted against periapsis radius ratio for several values of apoapsis radius ratio. The
dashed line indicates circular orbits where periapsis radius is equal to apoapsis radius.
It is evident from the figures that if circular orbits are required, the higher orbits re-
quire the lesser retro AV's in the range shown. However, if the apoapsis radius is
held fixed, AVr may be reduced by lowering the periapsis.

Various studies of interplanetary missions have utilized orbits which approach the
target planet to as close as 0.1 planet radii (periapsis radius ratio, 1.1). It is felt,
however, that such a low periapsis may not be a good choice for early Jupiter and Saturn
missions. Radio emission from Jupiter has led to hypotheses that strong trapped radi-
ation belts extending out fo about three planet radii may exist about the planet. In the
case of Saturn, it is not known if radiation belts are present. However, the rings of
Saturn extend out to approximately two and one-half planet radii. Since each of these
situations might cause damage to or somehow affect the performance of a spacecraft at a
low altitude, it was decided to limit consideration in this study to orbits with a periapsis
of 3.0 planet radii.

Mission velocity requirements are presented as functions of interplanetary trip time
to Jupiter and Saturn in figures 5 and 6, respectively. The periapsis radius ratio of 3. 0
is used in the figures. Retro AV is shown for several apoapsis radii for 400- to 998-
day Jupiter trips in figure 5. The required injection velocity at Earth for each trip time
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is also shown. The curves show that both AV and injection velocity increase very
rapidly for trip times of less than 500 to 600 days. Similar data are shown in figure 6
for trip times to Saturn of 900 to 2211 days. In this case, the velocity requirements in-
crease rapidly for trip times below 1200 to 1300 days.

Launch Vehicle Performance

In order to provide a range of launch vehicle capability, four launch vehicles were
considered in this study. Their performance is summarized in figure 7. The data for
the uprated Saturn I/Centaur, Saturn V, and Saturn V/Centaur are based on present
hardware although some future modifications and improvements might be expected. The
260-inch solid/S-IVB/Centaur vehicle is based on a full-length 260-inch solid first stage
1. ’.5~'-1><106 kg propellant mass) with present S-IVB and Centaur upper stages.

The payload data of figure T are replotted in figures 8 and 9 as functions of trip time
for Jupiter and Saturn missions, respectively. The injected mass shown is the total
package placed on the transfer conic at Earth by the launch vehicle. This includes both
the retropropulsion module and the orbiter spacecraft or payload. Although for some
configurations the retropropulsion module and orbiting payload could be physically in-
tegrated into one overall spacecraft, they will be treated as two distinct modules in the
present study. For brevity, the orbiting spacecraft or final payload is referred to as
simply the payload.

In order to determine the adequacy of a given launch vehicle for the missions con-
sidered here, it is first necessary to establish a desired payload level. The payload
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levels that have been considered in the literature for outer planet orbiters range from a
few hundred to 1000 kilograms. Certainly, at the lower levels one would not consider
the use of space storable retropropulsion modules. Small solid or liquid monopropellant
systems would be adequate. It is only when larger payloads or more energetic orbits
are considered that space storable or cryogenic propellants enter the picture. In this
study, we have chosen 907 kilograms as representative of the payload level for which the
space storable propellants might be used. Typically for a planetary orbiter mission, at
least half of the mass injected on the transfer conic is required to provide the retropro-
pulsion, leaving half or less as payload. Therefore, a launch vehicle injection capability
of at least 1814 kilograms is required for the missions of interest here.

For the Jupiter mission (fig. 8), the uprated Saturn I/Centaur injected mass ap-
proaches the minimum 1814 kilograms only at the longest trip times., This was con-
sidered too restrictive a situation and the uprated Saturn I/Centaur was not considered
further. For the 260-inch solid launch vehicle, trip times of 500 to 700 days appear
reasonable. Little is gained by going to longer trip times; and below 500 days, the in-
jected mass drops rapidly. If higher injected masses are desired, either the Saturn V
or Saturn V/Centaur can be used. For the Saturn V, trip times of 500 to 700 days again
appear to be a reasonable choice from a launch vehicle standpoint. As trip times near
or below 500 days are considered, the Saturn V/Centaur becomes more appropriate.
(Note, however, that this results in heavy masses on the Centaur stage which would re-
quire strengthening its structure. This has not been accounted for in the present study. )

Launch vehicle performance for Saturn missions is presented in figure 9. Again,

_ the uprated Saturn I/Centaur is inadequate for the payload levels considered. For the
260-inch solid vehicle and the Saturn V, trip times as low as 1500 days could be selected
without a serious loss in injected mass. With the Saturn V/Centaur, trip times as short
as 1000 days appear reasonable.

STAGE SIZING AND CHARACTERISTICS

In order to proceed with the preliminary design of appropriate retrostages, it is
necessary to establish the approximate stage sizes (propellant loadings) desired. To
determine reasonable stage sizés, a preliminary overall mission calculation was made
assuming a pressure-fed Earth storable retropropulsion module. A specific impulse of
305 seconds (2991 (N)(sec)/kg) and a mass fraction of 0. 80 were selected for the calcu-
lation. Based on these calculations, a retrostage propellant load of 6350 kilograms was
selected as typical for Jupiter and Saturn missions using the Saturn V or Saturn
V/Centaur. For missions using the 260-inch solid/S-IVB/Centaur launch vehicle, a
retrostage propellant load of 1360 kilograms was selected for preliminary design pur-
poses.



Propulsion

Listed in table I are some of the engine performance characteristics assumed for
the various propellant combinations considered. Chamber pressure and nozzle expansion
ratio were not varied in the study. Rather, values were selected which, based on pre-
vious inhouse studies, should be near optimum for the stage sizes under consideration.

Similarly, the specific impulse values indicated are considered representative for
the various propellant combinations.

The variation of engine mass with thrust assumed for the study is presented in fig-
ure 10. The pump-fed curve was used for all pump-fed stages regardless of the propel-
lant combination. Although, in reality, some variations in engine mass with propellant

TABLE I. - ENGINE CHARACTERISTICS

[Nozzle expansion ratio, 60. ]

Propeliant Chamber | Mixture Specific
combination pressure, | ratio impulse,
N/cm2 sec ((N)(sec)/kg)
Hydrogen-fluorine 345 12 460 (4511)
Hydrogen-oxygen f§345 5 444 (4354)
Methane-flox 345 5 400 (3923)
Methane-flox 69 5 385 (3776)
Monomethyl hydrazine - mixed 345 2.00 320 (3138)
oxides of nitrogen
Monomethyl hydrazine - mixed 69 1.65 305 (2991)
oxides of nitrogen
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Figure 10. - Variation of engine mass with thrust.
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combinations would be expected, the magnitude of such variations would be small for the
thrust range considered and would have an insignificant effect on the study results. Re-
generative cooling was assumed for the pump-fed engines while ablative cooling was
selected for the pressure-fed engines.

Pressure-fed stages were only considered for the smaller (nominal 1360-kg propel-
lant) stage size. The mass of an ablative engine increases with increases in thrust level
and/or burning time. However, for a fixed propellant mass stage, increasing the thrust
level results in a proportional decrease in burning time. Therefore, in figure 10, the
slope of the engine mass against thrust curve for the pressure-fed engines is less than
that of the pump-fed engines which are insensitive to burning time,

The pressure-fed engine masses are based on ablative cooling to a nozzle expansion
ratio of 15 and radiation cooling from there to the nozzle exit.

The sensitivity of payload to thrust level is presented in figure 11 for the larger
space storable stages suitable for use with either the Saturn V or Saturn V/Centuar
launch vehicles. Results are presented for three missions: two Jupiter missions using
different launch vehicles, and a Saturn mission using the Saturn V/Centaur. The results
indicate little variation in payload capability with variations in thrust level. A thrust
level of 22 250 newtons is near optimum for all three missions, and this value was used
for all of the larger pump-fed stages.
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Figure 11, - Effect of retrothrust level on orbiter payload; methane-flox
retrostages.
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Similar information, but for the smaller stages sized for use on the 260-inch solid
vehicle, is presented in figure 12. Payload capability plotted against thrust level is
shown for a Jupiter orbiter mission for both pump-fed and pressure-fed space storable
stages. Again, the results are quite insensitive to thrust level. A thrust level of 6675
newtons appears optimum for either pump-fed or pressure-fed stages. Similar data
were generated for Saturn orbiters for Earth storable as well as space storable stages.
The results were similar: a thrust level of 6675 newtons was good for allthe small
stages. Therefore, this thrust level was used in generating all the subsequent perform -
ance data for the small stages.

1040

~Pump fed

1030—

1020— \
—Pressure fed

1010

Payload, kg

1000

990

980 | | | I I | | | | |
2 4 6 ) 10 12 14 16 18 20 22x10°
Engine thrust, N

Figure 12, - Effect of retrothrust level on Jupiter orbiter payload; methane-flox retrostages.
260-Inch solid/S-IV B/Centaur; trip time, 550 days.

Pressurization

The pressurization system weights were based on the use of a simple helium blow-
down system for the pressurization and expulsion of all tanks except the fuel tanks of the
pump-fed stages. The helium was stored initially at 294. 4 K and 2. 8><103 newtons per
square centimeter (N/ cm2) in a titanium bottle. For the fuel tanks of the pump-fed
stages, it was assumed that while initial pressurization would be with helium, vaporized
fuel could be withdrawn downstream of the cooling jacket for pressurization during ex-
pulsion.

The pressurization system masses are directly affected by the operating pressures
of the tanks. These, in turn, are dependent on the engine requirements, the nominal
propellant heating histories, and the tolerance to variations in the thermal parameters
that one chooses to design for.
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Meteoroid Protection

At the present time, the understanding of the deep space interplanetary meteoroid
environment is so vague that no meaningful evaluation of the protection requirements can
be ma'de. The protection requirements depend on the meteoroid particle density, number
dénsity, and velocity distributions with respect to distance from the Sun along with pene-
tration criteria and spacecraft hull bumper efficiency. Depending on what assumptions
one makes regarding these variables, estimates of the protection requirements for the
vehicle sizes considered here range from a few percent of the payload capability to over
100 percent of the payload capability.

Certainly, the protection necessary is a function of the exposed surface area as well
as mission time. On this basis, the hydrogen-oxygen stage considered herein (largest
surface area) requires about four times the protection mass of the Earth storable stage
considered (smallest surface area). Whether or not this increase is significant from the
standpoint of absolute stage performance cannot yet be answered.

As an example, for an 1100-day mission to Saturn, the hydrogen-oxygen stage re-
quires 258 kilograms for meteoroid protection, while the Earth storable stage needs only
60 kilograms. This is based on the following assumptions: A

(1) Cometary flux is obtained from Pegasus data (ref. 1) witha 1/y/R distribution,
where R is the distance from the Sun in astronomical units.

(2) The protection is comprised of aluminum f§§ce sheets placed 5. 1 centimeters
apart and filled with 0. 032 gram per cubic centimeter foam which yield a bumper factor
of 5 (ref. 2).

(3) The probability of no backsheet penetrations is 0. 99.

Assuming a bumper factor of 1 (i.e., armor-plating the tanks) would nearly elimi-
nate the payload capability of the hydrogen-oxygen stage. If a bumper factor of, say, 10
is achieved, the meteoroid hazard is relegated to a minor problem based on the assump-
tions used,

As indicated earlier, more definitive information is necessary to assess accurately
the protection requirements. Therefore, no meteoroid protection penalty was imposed
on any of the stages considered herein,

Residuals

For each stage considered, an allowance of 1 percent of the stage propellant mass
was included in the stage jettison mass to account for liquid and gaseous residuals. An
additional 2 percent of the fuel mass was included as a fuel bias in lieu of a propellant
utilization system.

13
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Stage Mass Tables

The mass breakdown and mass fraction for each of the stages considered are pre-
sented in tables II and III. All of the stages were treated as propulsion modules rather
than complete stages. Therefore, the guidance, attitude control, electrical, and in-
strumentation requirements were assumed to be provided by or integrated with the pay-
load. However, a mass is charged to the stages to account for instrumentation and
harnessing normally associated with the propulsion system.

Table II includes all of the 6350-kilogram propellant load stages. The mass frac-

TABLE III. - MASS BREAKDOWNS AND MASS FRACTIONS FOR THE 1360-KILOGRAM STAGES

Propellant combination
Methane-flox Methane-flox Monomethyl hydrazine - mixed
oxides of nitrogen
Configuration
Two-tank pressure-fed | Two-tank pump-fed Two-tank pressure-fed
Maximum tank pressure, N/ cm?
110(fuel)-138(oxidant) | 28(fuel)-69(oxidant) 110(fuel)-138(oxident)
Mass, kg
Structure: 107.4 86.7 119.2
Fuel tank 20.0 9.8 21.3
Oxidant tank 23.0 12.5 29.0
Tank supports 26.3 26.3 24.5
Basic structure 38.1 38.1 44 .4
Shadow shields ———— -——- -
Propellant system 11.3 11.3 1 11.3
Pressurization system: 69.0 17.3 40.8
Pressurant 6.8 0.9 3.6
Bottle 53.1 7.3 28.1
Hardware 9.1 9.1 9.1
Engine 26.3 21.8 26.3
Range safety 6.8 6.8 6.8
Instrumentation and harnessing 27.2 27.2 27.2
Separation system 6.8 6.8 6.8
Insulation 23.6 23.6 23.1
Contingency (10 percent) 27.8 20.2 26.1
Dry mass 306. 2 221,17 287.7
Residuals 18.1 18.1 23.9
Jettison mass 324.3 239.8 311.86
Useful propellant 1360. 0 1360. 0 1360.0
Stage loaded mass 1684. 3 1599. 8 1671.6
‘Mass fraction 0.81 0.85 0.81
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tions range from 0. 88 for the hydrogen-oxygen stage to 0. 93 for the methane-flox com-
mon bulkhead stage utilizing a low oxidant tank pressure.

The stage masses and mass fractions for the 1360-kilogram propellant load stages
are presented in table III. The mass fractions are 0. 81 and 0. 85, respectively, for the
pressure-fed and pump-fed methane-flox stages. The Earth storable stage also has a
mass fraction of 0. 81.

The stage masses given in tables I and III resulted from structural and thermal con-
trol analyses. These analyses considered various tank configurations, materials, and
stage coast orientations to obtain a relative comparison of the stage masses and propel -
lant storability characteristics. The stages which appear in the tables are those se-
lected for performance comparisons based on the results of the previous analyses. A
summary of the various cases analyzed is given in table IV, while a detailed discussion

-is presented in the following sections of the report.

STAGE DESIGN
Configurations, Structures, and Materials

A configuration and preliminary structural design study was undertaken to estimate
stage masses for performance calculations and to:select a feasible configuration based
on stage inert mass, propellant heating, and structural integrity. The study was made
for one space storable and two deep cryogenic propellant combinations: methane-flox,
hydrogen-oxygen, and hydrogen-fluorine. For purposes of comparison, an Earth stor-
able propellant combination, monomethyl-hydrazine (MMH) and mixed oxides of nitrogen
(MON), was also included. Stages were sized for a 6350-kilogram propellant load for
each of the four propellant combinations, and a 1360-kilogram propellant load stage was
also sized for the Earth storable and the methane-flox combinations. Thus, six basic
stages were studied.

All of the proposed configurations were constrained to state-of-the-art materials
and fabrication. The basic tank material considered was 2219-T81 aluminum.

At the present time, insufficient experience exists to determine if tank corrosion
will be a problem in storing flox in aluminum tanks for long periods of time in space.
Based on the data available in references 3 and 4, however, it appears that, by preclud-
ing moisture from the tank and by minimizing the HF (hydrogen-fluoride) content of the
flox, no significant corrosion should occur. Therefore, in determining flox tank weights
using aluminum, no allowance for corrosion was made; however, because of the possible
corrosion problem with aluminum, alternate tank materials, 301-1/2 hard stainless
steel and cold-worked electro-formed nickel, were considered. As will be shown, stage
jettison mass was fairly insensitive to tank material selection.
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The minimum fabrication thicknesses assumed for the tank materials were the fol-.
lowing:

Material Minimum gage,
cm

301-1/2 hard stainless steel 0. 0356
2219-T81 aluminum . 0762
Electro-formed nickel . 0356

The design load for the propellant tanks was 1. 1 times maximum expected tank pressure,
and the tanks were sized assuming a 10-percent ullage volume. The materials selected
for structural members were 2219-T81 aluminum, 301-1/2 hard stainless steel, and
epoxy laminates reinforced with 181 style S fiber glass fabric. The fiber glass structural
material is attractive for thermal isolation of cryogenic propellants. The safety factor
on material ultimate stress was 1. 25 while the design load factors for sizing the struc-
tural members were assumed as follows:

Condition l Gravity load factor (limit)
Axijal Lateral
Maximum g regime 2.5 1.5
Maximum booster acceleration 6.5 .5

The diameters of all the retrostages considered were smaller than those of the
launch vehicles considered. Therefore, it was assumed that during launch the retrostage
as well as the payload would be shrouded on the launch vehicle.

The propellant combinations, materials, load factors, and constraints used for the
preliminary design activity have now been summarized. The following sections, which
are organized by propellant combinations, describe the stages in more detail.

Methane-Flox Propellant Combinations

For the larger stage size, 6350 kilograms, a pump-fed common bulkhead configu-
ration (fig. 13) having the following characteristics was chosen for the nominal case.
The tank material was 2219-T81 aluminum. Fiber glass struts were used in the payload

18



264.2 cm

_ ———Methane
tank

- Flox tank

386.1cm

_ ~—22.25-kN pump-fed engine

CD-10277-31

Figure 13, - Schematic of 6350-kilogram methane-flpx common bulkhead retrostage.

adapter to reduce thermal conduction into the propellants. The fuel and oxidant tanks
were designed for 28 and 69 N/ cm2 maximum ullage pressures, respectively. These
pressures were selected from propellant heating and engine net positive suction head
considerations.

To determine their effect on stage mass, other tank materials and pressures were
considered for the nominal configuration. These were as follows:

(1) 2219-T81 aluminum tanks, both at 28 N/ cm?2 ullage pressure

(2) 301-1/2 hard stainless steel methane tank, 28 N/ cm? ullage pressure; electro-

formed nickel flox tank, 69 N/ cm2 ullage pressure

(3) Stainless steel and nickel tanks, both at 28 N/ cm2 ullage pressure

Désign summaries of the four common bulkhead configurations (nominal and the
previous three) are shown in table V along with other designs to be described subse-
quently. The tankage masses shown in this table are the following:

(1) Membrane mass of the tank considering only the design thickness

(2) Local strengthening-allowable mass for strengthening of weld areas

(3) Total - the sum of the first two
The first four columns summarize the common bulkhead configurations.
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The 69 N/ cm2 requirement of the nominal stage (column 1) provides sufficient mar-
. gin for pressure increase due to propellant heating regardless of vehicle orientation. It
also features state-of-the-art aluminum material. A reduction in the total tankage and
structural mass of 93. 6 kilograms could be achieved by lowering the flox tank pressure

requirement to 28 N/ cm? (column 2).

This comparison indicates the magnitude of the penalty associated with maintaining
the flox pressure requirement at 69 N/ cmz. If the orientation is restricted to that of
payload to the Sun, some reduction in flox tank pressure could be realized. However, a
reduction to a 28 N/ cm2 level is improbable due to the problem of freezing the methane.
Fabricating the tanks from stainless steel and electro-formed nickel (columns 3 and 4)
yields slightly heavier total masses than aluminum tankage. - It is therefore concluded

“that the tankage and structural mass is fairly insensitive to tank pressure and material
selection. A detailed structural mass breakdown for the nominal stage is shown in
table VI.

Three additional 6350-kilogram propellant load configurations were also designed

for comparison with the nominal common bulkhead configuration. These configurations

TABLE VI. - TANKAGE AND STRUCTURAL MASS BREAKDOWN FOR THE 6350-
KILOGRAM METHANE -FLOX COMMON BULKHEAD CONFIGURATION

[All masses are in kilograms, |

Tankage:
Methane tank (A1)? 39.6
Flox tank (A1)P 95.0
Helium tank (Ti) 70.8
Total 205. 4
Structure:

Payload adapter:
Ring , 7.3
Struts (fiber glass 7.3
Struts fittings (16) 5.4

Total 20.0
Forward ring 25.5

Aft ring 6.3
Thrust cone 8.2

Total 60.0
Total tankage and structure mass 265. 4

298 N/cm2.

bgg N/cmz.
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were (1) a nested tank, (2) two separate tanks, and (3) four separate tanks. Design sum-
maries for these configurations are also shown in table V.

The nested tank configuration is nearly identical in appearance to the nominal stage
(fig. 13) except the methane tank would have a self-supporting reversed bulkhead. When
columns 2 and 5 of table V are compared, it is evident that the nested tank configuration
is heavier than the common bulkhead. Also, the fabrication of the reversed bulkhead is
more difficult than that of the common bulkhead, while the thermal storage characteris-
tics of the two configurations are about the same. It was therefore concluded that the
common bulkhead configuration was preferable to the nested tank configuration.

The two-tank configuration (fig. 14) was ahalyzed because it removes the necessity
of having a common liquid temperature (i.e., high oxidant tank pressure). This con-
figuration offers a little mass advantage over the nominal stage; and, in certain cases,

271.8cm

_ ——Methane tank

515, 6 cm

. ——Flox tank

__——22.25-kN pump-fed engine

CD-10278-31

Figure 14, - Schematic of 6350-kilogram methane-flox two-tank retrostage.

22



497.8cm

429.3cm

276.

N ~~~Flox fank

N
“~Methane tank {2 required)
N

AN
~N

h 22. 25-kN pump-fed engine

Figure 15. - Schematic of 6350-kilogram methane-flox four-tank retrostage.

157.5cm

370.8c¢cm

"~ Methane tank

~~~Flox tank

_ 6. 675-kN pressure-fed engine

CD-10280-31

Figure 16. - Schematic of 1360-kilogram methane-flox two-tank retrostage,

(2 required)

€D-10279-31
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it is more attractive when propellant heating is concerned. Therefore, this configura-
tion was considered as a possible alternate stage.

The four-tank configuration (fig. 15) also negates the necessity of a high oxidant tank
pressure and offers a very compact design. However, the mass of this stage is nearly
twice that of the nominal. In addition, this configuration is very difficult to analyze
thermally. Because of these considerations, this configuration was not considered fur-
ther.

Two 1360-kilogram propellant load stages were designed using a two-tank configu-
ration. The first utilized a pressure-fed engine (fig. 16) and the second a pump-fed en-
gine, The pump-fed stage is identical in appearance to the pressure-fed stage except for
the engine.

Again, 2219-T81 aluminum was selected as the tankage material and the structure
utilized fiber glass struts as in the previous designs.

The tank design pressures were as follows:

Tank Design pressure, N/ cm?

Pressure-fed stage | Pump-fed stage

Methane 110 28
Flox 138 89

TABLE VII. - TANKAGE AND STRUCTURAY. MASS BREAKDOWN FOR THE 1360-
KILOGRAM PRESSURE-FED, METHANE-FLOX TWO-TANK CONFIGURATION

[All masses are in kilograms, ]

Tankage:
Methane tank (Al 20.0
Flox tank (A)P 23.0
Helium tank (Ti) 53.1
Total 96.1

Structure:

Payload adapter:
Ring 4.5
Struts (fiber glass) 5.0
Strut fittings (16) 5.4

Total 14.9
Methane tank ring 11.8
Main struts:

Struts (fiber glass) 20.0
Strut fittings 63

Total 26.3
Flox tank ring " 5.0
Thrust cone 6.4
Total 64.4
Total tankage and structure mass 160.5

2110 N/cmz.
bysg N/cmz.

24



TABLE VIll. - TANKAGE AND STRUCTURAL MASS BREAKDOWN
FOR THE 1360-KILOGRAM PUMP-FED, METHANE-FLOX
TWO-TANK CONFIGURATION

[All masses are in kilograms, ]

Tankage;
Methane tank (AI)? 9.8
Flox tank (A1)° 12.5
Helium tank (Ti) 7.3
Total 29.6
Structure:

Payload adapter:
Ring 4.5
Struts (fiber glass) 5.0
Strut fittings (16) 5.4

Total 14.9
Methane tank ring 11.8
Main struts:

Struts (fiber glass) 20.0
Strut fittings 6.3

Total 26.3
Flox tank ring 5.0
Thrust cone 6.4
Total 64. 4
Total tankage and structure mass 94.0

298 N/ cm?2,
beg N/ cm?,

Detailed structural mass breakdowns are shown for the pressure- and pump-fed stages
in tables VII and VIII, respectively.

Tankage was also sized for a 1360-kilogram common bulkhead configuration in order
to conduct a thermal analysis comparison. However, no detailed design was included.

Hydrogen-0Oxygen Propellant Combination

A 6350-kilogram propellant load hydrogen-oxygen stage was sized for performance
comparison with the 6350-kilogram methane -flox stages. A simple two-tank configura-
tion (fig. 17) was selected in an effort to minimize the heat flux to the hydrogen. The
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TABLE IX. - DESIGN SUMMARY FOR THE 6350-KILOGRAM DEEP

CRYOGENIC AND EARTH STORABLE CONFIGURATIONS

Configuration

Two-tank

Common bulkhead

Propellant combination

Hydrogen-oxygen

Hydrogen-fluorine

Monomethyl hydrazine - mixed
oxides of nitrogen
(MMH-MON)

Fuel tank:

Material

Working stress, N/ cm?

Ullage pressure, N/cm

Thickness, cm:
Minimum gage
Pressure load cylinder
Design cylinder
Pressure load dome
Design dome

Mass, kg:
Membrane
Local strengthening
Total

Oxidizer tank:

Material
Working stress, N/ em?
Ullage pressure, N/ cm?
Thickness, cm:
Minimum gage
Pressure load
Design
Mass, kg:
Membrane
Local strengthening
Total

Helium tank:
Mass, kg

(Tank pressure, 2. 8x10° N/cmz)

Structure:

Material

Mass, kg

‘Total tankage and structure
mass, kg

2219-T81 Al
2. 8x10%
41

0. 0762
0.18
0.188
0. 127
0.134

157.0
31.3
188.3

2219-T81 Al
2. 8x10%
a1

0.0762
0. 127
0.134

56. 1
11.3
67.4

54, 4

Al and fiber
glass
195.5

505. 6

2219-T81 Al
2. gx10%
41

0. 0762
0.173
0. 1805
0. 122
0. 1295

78. 4
15.9
94.3

2219-T81 Al
2. 8x10%
41

0. 0762
0. 122
0.1295

48.6
9.7
58.3

41.0

Al and fiber
glass
173.9

367.5

301-1/2 hard stainless steel
6. 9x10%
28

0. 0356 -
0. 0432
0.0484
0. 0305
0. 0406

36.3
7.3
43.6

301-1/2 hard stainless steel
6.9x10%
52

0.0356"
0. 056
0. 0635

55.8

11.3
67.1

28.1

Al and stainless steel

61.7
200.5
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TABLE X. - TANKAGE AND STRUCTURAL MASS BREAKDOWN FOR THE 6350-
KILOGRAM HYDROGEN-OXYGEN CONFIGURATION

[All masses are in kilograms. |

Tankage:
Hydrogen tank (A1) 188.3
Oxygen tank (A1)2 67.4
Helium tank (Ti) 54. 4
Total 310.1
Structure:

Payload adapter;
Ring 9.5
Struts (fiber glass) 20.4
Strut fittings (16) 5.4
Shadow shields 8.2
Shield brackets (48) 5.4

Total 48.9

Hydrogen tank forward ring 23.1
Hydrogen tank aft ring 31.3
Main struts:
Struts (fiber glass)
Strut fittings

Total 52.7

<8
W

Oxygen tank ring 31.3
Thrust cone 8.2

Total 195.5
Total tankage and structure mass 505. 6

341 N/m?2.

space truss assembly utilized fiber glass struts to reduce the conductive heat transfer
Again, 2219-T81 aluminum was selected for the tankage and the tank diameter was
fixed by the oblate spheroid oxygen tank. The tank design ullage pressure was 41 N/ cm2
for both tanks. ‘
A design summary is shown in table IX while a detailed mass breakdown is given in
table X,

Hydrogen-Fluorine Propellant Combination

A 6350-kilogram propellant load hydrogen-fluorine stage was é.lso sized for per-
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Figure 18, - Schematic of 6350-kilogram hydrogen-fluorine retrostage.
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formance comparison with the 6350-kilogram methane-flox stages. A simple two-tank
configuration (fig. 18) similar to the hydrogen-oxygen configuration was selected. The
hydrogen-fluorine stage design approach, materials, tank pressure, and general de-

scription are identical to the hydrogen-oxygen stage.

given in table XI,

The design summary for the
hydrogen-fluorine stage is also shown in table IX while a detailed mass breakdown is

TABLE XI. ~-TANKAGE AND STRUCTURAL BREAKDOWN FOR THE 6350-

KILOGRAM HYDROGEN-FLUORINE CONFIGURATION

[All masses are in kilograms. |

Tankage:

Hydrogen tank (Al)?
Fluorine tank (A2
Helium tank (Ti)

Total

Structure:
Payload adapter:
Ring
Struts (fiber glass)
Strut fittings (16)
Shadow shields
Shield brackets (48)

Total
Hydrogen tank forward ring
Hydrogen tank aft ring
Main struts:

Struts (fiber glass)
Strut fittings

Total

Fluorine tank ring
Thrust cone

Total
Total tankage and structure mass

241 N/ cmz.

30

8.2
18.6
5.4
8.2
5.4

31.8
7.3

94.3
58.3
41.0

45.8

21.8
29.5

39.1

29.5
8.2

193.6

173.9
367.5



Earth Storable Propellant Combinations

For the Earth storable propellants, both a 6350-kilogram propellant load pump-fed
stage and a 1360-kilogram propellant load pressure-fed stage were evaluated. For these
stages, the ullage volumes were reduced to 5 percent because propellant heating was not
a problem.

The pump-fed stage design was based on a common bulkhead configuration (fig. 19).
The propellant tanks and thrust structure were designed for 301-1/2 hard stainless steel

_—~ Monomethy! hydrazine
(MMH) tank

_—Mixed oxides of nitrogen
-7 (MON) tank

373.4¢cm

_ ——22.25-kN pump-fed engine

CD-10283-31

Figure 19. - Schematic of 6350-kilogram Earth storable common bulkhead retrostage.

which, for this configuration, yields a lighter system weight than aluminum. Since con-
duction from the payload is not a problem with these propellants, the use of aluminum
(2219-T81) was assumed for the payload adapter.

The design summary for the 6350-kilogram stage is also shown in table IX while a
detailed mass breakdown is presented in table XII.

Although a common bulkhead configuration similar to the previous stage would be
somewhat lighter, the 1360-kilogram pressure-fed stage was designed using a two-tank

configuration (fig. 20) so that a direct performance comparison could be made with the
1360-kilogram methane-flox stages.
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TABLE XII. - TANKAGE AND STRUCTURAL MASS BREAKDOWN FOR THE 6350-

KILOGRAM EARTH STORABLE COMMON BULKHEAD CONFIGURATION

[All masses are in kilograms. ]

Tankage:

MMH tank (stainless steel)®
MON tank (stainless steel)®
Helium tank (Ti)

Total

Structure:
Payload adapter:
Ring
Struts (A1)
Strut fittings (16)

Total
Forward ring

After ring
Thrust cone

Total
Total tankage and structure mass

298 N/cm?2.
52 N/cmz.

43.6
67.1
28.1

17.2

21.3
13.2
10.0

331cm

7 (MMH} tank

(MON) tank

138.8

_ — Monomethyl hydrazine

_ —— Mixed oxides of nitrogen -

_—— 6,675 kN pressure-fed engine

CD-10284-31

Figure 20. - Schematic of 1360-kilogram Earth storgble two-tank retrostage,

200.5



TABLE XIII. - TANKAGE AND STRUCTURAL MASS BREAKDOWN FOR THE 1360-
KILOGRAM PRESSURE-FED, EARTH STORABLE TWO-TANK CONFIGURATION
[All masses are in kilograms. ]

Tankage:
MMH tank (Al)% 21.3
MON tank (AI)° 29.0
Helium tank (Ti) 28.1

Total 78.4
Structure:
Payload adapter:
Ring 6.8

Struts (Al) 4.5
Strut fittings (16) 5,4

Total 16.17
MMH tank ring 10.9
Main struts:

Struts (Al) 18.1
Strut fittings 6.4

Total 24.5
MON tank ring 10.4
Thrust cone 6.4
Total 68.9
Total tankage and structure mass 147.3

2110 N/cm2.

by38 N/em?2,

Aluminum (2219-T81) was selected for the propellant tanks and tank support rings.
Stainless steel tanks would be lighter than the aluminum tanks, but adding stainless steel
support rings to get weld compatibility results in an overall assembly mass greater than
that with aluminum. The fuel and oxidant tanks were designed for 110 and 138 N/cm
respectively., A detailed mass breakdown for this stage is shown in table XIII.

’

THERMAL CONTROL
Introduction and Assumptions

The primary uncertainty in determining the nonvented space storability of a given
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. propellant combination is the distribution of the heat entering the propellant tanks. If
the net heat transfer is into the tanks and the liquid is uniformly heated, then the allow-
able spéce storage time can be (depending on the magnitude of the heat flux and the maxi-
mum allowable tank pressure) several orders of magnitude longer than if a substantial
amount of the heat entering the tanks goes into vaporizing liquid. If, however, the net
heat transfer is out of the tanks, then the problem becomes one of propellant freezing
rather than overpressurizing the tanks.

The approach taken in this study was that of assuming 100 percent bulk heating in
the cases where the net heat was into the tanks with provision being made to prevent
freezing of the propellants when the net heat was out of the tanks, That is, all heat en-
tering or leaving the tanks uniformly heats or cools the liquid, respectively.

It may be necessary to provide some active thermal conditioning system (e.g., a
mixer) to obtain complete bulk heating; however, at relatively low heat fluxes such as
were encountered in this study, heat-transfer calculations based on a pure conduction
model tend to agree with those based on a bulk heating model (ref. 5). '

When selecting a thermal protection system for long duration missions requiring
storage of cryogenic propellants, the choice of multilayer insulation or a combination of
multilayer and another insulation (e.g., foam) is inevitable because of the superior per-
formance of the multilayer over other insulations,

However, additional methods of reducing the heat transfer are available in conjunc-
tion with using multilayer insulation. These methods are as follows:

(1) Jettisoning the shroud surrounding the propellant tanks after launch through the

atmosphere so that the propellants can radiate to the cold environment of space

(2) Separating the warm and cold propellant tanks as far apart as reasonable and also

placing the payload as far from the propellant tank as reasonable to reduce the
radiation heat transfer to the propellants

(3) Utilizing shadow shields; that is, discretely spaced thermal radiation barriers

between the heat source and heat sink to further reduce the radiation heat trans-
fer

(4) Selecting a low-conductivity support system to substantially reduce the heat

transfer by conduction (e.g., fiber glass instead of aluminum)

The assumptions used in the thermal analysis were the following:

(1) Tanks were insulated with mutilayer insulation having a density of 0. 08 gram per
cubic centimeter. References 6 to 12 provide substantial information on the performance
and properties of multilayer insulation systems which show the latitude available in se-
lecting materials that can be used as components of a multilayer insulation system. The
insulation weights quoted in tables II and III are consistent with a system containing
double-aluminized mylar radiation shields and dexiglass spacers. Comparable insulation
weights could be attained by selecting other materials.
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(2) Stages were not exposed to direct aerodynamic heating. The payload and upper
stage were shrouded during launch. After launch through the atmosphere, the shroud
was jettisoned and the tanks were free to radiate to space.

(3) The initial methane and flox temperature was 100 K in the common bulkhead
stages. In the two-tank stages, the initial methane temperature was 111 K and the flox
was 88.9 K.

(4) The initial temperature of the hydrogen was 20.6 K and that of the oxygen and
fluorine was 88.9 K,

(5) Initial Earth storable temperatures were 288.9 K. The propellant vapor pres-
sures (i.e., initial tank pressures) corresponding to the previous initial temperatures
are given in table XIV,

(6) The payload was represented by a disk equal to the stage diameter and kept at
294.4 K.

(7) In the methane-flox and Earth storable stages, the payload was one-quarter the
tank radius above the tank; in the hydrogen-oxygen and hydrogen-fluorine stages, it was
one-half the tank radius above the tank. These distances were not optimized in this
study, but preliminary calculations indicated them to be reasonable for stages of these
sizes.

(8) For the nominal cases, a multilayer insulation having a 3. 81-centimeter thick-
ness was selected with the emissivity and thermal absorptivity of surfaces not receiving

TABLE XIV. - INITIAL TANK PRESSURES

OF PROPELLANTS

Propellant Initial Initial tank
temperature,| pressure,
K N/ em?
Methane 100 3.45
111 9.65
Flox (82.5 percent 100 36.5
fluorine/17.5 percent 88.9 14.7
oxygen)*
Hydrogen 20.6 11.0
Fluorine 88.9 14.7
Oxygen 88.9 20.0
Monomethyl hydrazine 288.9 .41
(MMH)
Mixed oxides of nitro- 288.9 48.3
gen (MON)

aVapor pressure of fluorine was used as the flox
vapor pressure for conservatism,
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solar radiation being 0,1, In the orientations where some surfaces received solar radi-
ation, the solar absorptivity was 0.3 and the emissivity was 0.9 on these surfaces.
These values correspond to the properties of an existing white paint known to be rela-
tively insensitive to ultraviolet radiations (refs. 13 and 14).

(9) No boost heating analysis was included, but the stages were assumed to be vented
during boost; or, alternatively, it was assumed that the 'propellants could be subcooled
before launch to allow for the absorption of heat during boost.

(10) The only heat sources considered during the coast were solar and onboard.

(11) Based on the results in the mission analysis section, the coast times to Saturn
were 1100 and 1500 days for the 6350- and 1360-kilogram propellant loadings, respec-
tively. Similarly, the coast times to Jupiter were 500 and 600 days.

Due to the uncertainty in the actual thermal performance of multilayer insulation on
space vehicle tanks, a conservative nominal thickness of 3. 81 centimeters was selected.
As mentioned previously, various investigations have been conducted to determine the ef-
fective conductivity of multilayer insulations, and the results indicate values both higher
and lower than those reported in reference 11, However, most of the information has
been obtained on relatively small samples and thicknesses. In a current in-house Lewis
test program, data are being generated on a large liquid hydrogen tank utilizing a multi-
layer insulation system. Preliminary results seem to indicate thermal conductivities
around 1. 7><10—4‘ watt per meter per degrees Kelvin (W/m K) for hot and cold insulation
boundary temperatures of 275 and 20.6 K. These experimental data points .on the large
tank are about 10 times greater than the best values obtained on small samples and are
about a factor of 5 greater than that predicted in reference 11. Data have also been
generated on a large liquid hydrogen tank utilizing a different multilayer insulation sys-
tem in reference 15. These data indicate a thermal conductivity of 3><10'5 W/m K with
boundary temperatures of 125 and 20. 6 K which is about a factor of 2 greater than that
predicted in reference 11. Thus, in order to allow for a degradation of predicted insu-
lation conductivity on large tanks, the thickness of 3. 81 centimeters was selected as the
nominal with the thermal conductivity quoted in reference 11 multiplied by a factor of 2.
The effects of further increases in thermal conductivity will be shown subsequently.

As far as surface properties are concerned, emissivity data have been generated on
multilayer insulation radiation shields. In the temperature range involved, the data in-
dicate emissivities of the order of 0. 01 (ref. 16). Based on the data presented in refer-
ence 8, it does not appear that aluminized surfaces are severely damaged by contamina-
tion due to high humidity, high temperature, carbon dioxide, or salt environments for
periods up to 100 hours. Therefore, the surface prope‘i'ﬁes should remain stable, How-
ever, since uncertainties still exist, we assumed that the nominal emissivity and thermal
absorptivity of surfaces not '*seeing'' the Sun was 0.10. The effects of having a lower
and a higher value than nominal will also be shown subsequently. )
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The modes of heat transfer considered in this study were (1) radiation interchange
between the payload and the fuel tank, (2) conduction through support members neglecting
thermal contact resistance, (3) radiation interchange between propellants in the two tank
stages, and (4) radiation to space from surfaces which are not influenced by any other
heat source.

Methane-Flox Stages

For the methane-flox stages, it was found that for either engine to the Sun or pay-
load to the Sun orientation, conduction heat transfer through the truss structure into the
propellants could be eliminated through proper selection of the truss tube material and
external emissivity. This is illustrated in figure 21 for the 6350-kilogram common bulk-
head configuration. This figure shows support external emissivity plotted against sup-
port thermal conductivity for zero conduction into or out of the propellant tank, As can
be seen from the curve, with fiber glass struts an emissivity of only 0.02 is required to
maintain zero conduction. For titanium or stainless steel struts, the required emissivities
are 0.25 and 0. 54, respectively. Any combination of thermal conductivity and emissivity
that lies below the curve would result in propellant heating, and any combination falling
above the curve would produce propellant cooling. Due to the latitude available in se-

Stainless steel ~

- Titanium

Support external emissivity

T

Fiber glass -

Lol I |
2 4 6 81 2 4 6 8 10 20
Support thermal conductivity, Wim K

Figure 21. - Support external emissivity plotied against thermal conductivity;
zero conduction heat transfer. 6350-Kilogram methane-flox common bulk-
head configuration; -payload temperature, 294.4 K; tank temperature, 100 K.
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lecting support material and surface coating to maintain zero conduction, this mode of
heat transfer was considered zero for the methane-ﬂbx stages for these orientations.

With velocity vector orientation, calculations assuming solar heating on the bare
struts results in excessive heat transfer to the propellant. Therefore, in this orienta-
tion, the struts were assumed to be insulated with multilayer insulation to eliminate the
effect of solar heating on the conduction heat transfer.

As mentioned previously, radiation between propellant tanks was considered in the
two-tank configurations. Results of the analyses show that even though one tank ''sees''
the other, the view factor between the tanks and the difference in storage temperatures
considered are so low that neither tank is significantly affected by the presence of the
other. Therefore, it was assumed that the entire flox tank and the bottom of the methane
tank radiated to the cold environment of space in these configurations.

It was also found that the methane-flox stages required no shadow shields between
the payload and methane tank except for velocity vector oriented cases where one shield
was used to eliminate the heat transfer from the payload.
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The effects of stage orientation and size are shown in figures 22 to 24. Figures 22
and 23 are for 1100-day Saturn missions using 6350-kilogram configurations. From a
space heating point of view, the early part of the trajectory is similar to a 500-day
Jupiter trajectory. Therefore, tank pressure data for both the Saturn and Jupiter mis-
sions on the larger stages can be read from these curves using the proper trip times.
Figure 22 shows tank pressures as a function of time for the 6350-kilogram common
bulkhead configuration with nominal insulation performance and surface properties for
three different orientations. The maximum tank pressure occurs in the velocity vector
orientation, but its value in the flox tank is less than 48 N/ cm2, which is well below the
design value of 69 N/cmz. The methane tank pressure exhibits the same characteristic
but is an order of magnitude lower. It should also be noted that in both the engine to the
Sun oriented and velocity vector oriented cases, the tank pressure initially rises and
then decays while the payload to Sun orientation constantly decays.

Figure 23 shows similar data for the 6350-kilogram two-tank configuration. This
figure exhibits the same trend as figure 22, but the flox tank pressure rise in the engine
to the Sun orientation shows less variation than the common bulkhead while the payload
to Sun orientation shows a greater variation. No velocity vector oriented curve is shown

20—

~Engine to Sun

18

16

1

Flox tank pressure, Nicm?

12

10

9.8

9.4

~Engine or payload to Sun
9.0

8.6 L ! |
0 200 400 600 800 1000 1200
Coast time, days

Methane tank pressure, Niem?

Figure 23, - Tank pressures plotted against coast time
for two stage orientations. ‘Nominal thermal per-
formance; 6350-kilogram methane-flox two-tank
configuration.
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Figufe 24. - Tank pressures plotted against coast time for two stage
orientations. Nominal thermal performance; 1360-kilogram
methane-flox common bulkhead configuration.

on the figure because of the difficulty in analyzing the reflections between the tanks in
this configuration, but the pressure variation would be less than in the common bulkhead
configuration.

Figure 24 shows similar data for a 1500-day Saturn mission using the 1360-kilogram
common bulkhead configuration. The early part of this trajectory approximates a
600-day Jupiter trajectory and data for missions to both planets on the smaller stages
can again be read from the same curves. This figure shows that the pressure rise in the
velocity vector orientation is somewhat greater than the 6350-kilogram case while the
decrease in pressure in the payload to Sun orientation is about the same. However, the
results do not change significantly with propellant loading.

The effects of thermal property degradation on the stages in a payload to Sun orien-
tation are shown in figures 25 to 28. The primary concern is the uncertainty in the
actual performance of the installed multilayer insulation with less concern for the sta-
bility of the surface properties of the surfaces. Surface coatings are affected by the
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ultraviolet radiation from the Sun, while metallized surfaces appear much less affected.
However, since in the payload to Sun orientation, none of the surfaces '"'see'' the Sun,
the surface properties should remain stable.

Figure 25 shows the effect of insulation effectiveness and external surface emis-
sivity on final tank pressure for the 6350~kilogram common bulkhead configuration. The
nominal performance point on this and the following figures is at 100 percent effective-
ness and 0. 10 emissivity.

Insulation effectiveness as used herein can be viewed as percent of the reciprocal of
nominal insulation thermal conductivity or-as percent of the nominal insulation thickness.
First, if one assumes the insulation thickness to remain constant at the nominal value of
3. 81 centimeters, then insulation effectiveness is inversely proportional to insulation
thermal conductivity. One hundred percent corresponds to nominal conductivity, 50 per-
cent corresponds to twice nominal conductivity, etc. On the other hand, if one assumes
that the effective thermal conductivity remains constant at the nominal value, then in-
sulation effectiveness is proportional to insulation thickness. One hundred percent cor-
responds to 3.81 centimeters; 50 percent corresponds to 1.905 centimeters, etc. The
ensuing discussion concentrates on the percent of the nominal insulation thermal con-
ductivity approach,

For this and the following figures, it was assumed that the deviation from the nomi-
nal existed for the entire mission time. If the deviation varied as a function of time, the
associated performance penalty would decrease. It should be noted that the emissivities
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shown refer to all exposed surfaces; and, if one surface changes by a certain amount,
they all change by the same amount which is a very conservative assumption. The only
surface of the multilayer insulation considered to be affected was the outermost layer.
The figure shows that the configuration can tolerate substantial variations in both emis-
sivity and insulation performance without exceeding tank pressure limits.

Similar data are shown for the 6350-kilogram two-tank configuration in figure 26.
Although the methane tank pressure is an order of magnitude higher than the common
bulkhead configuration due to the higher initial temperature, the trends are the same,
Flox temperature is plotied in this figure instead of pressure as in the previous figures
because when the tanks are separated, the flox temperature and/or pressure continually
decreases. When this occurs, the concern is that of freezing the flox. As can be seen,
the final flox temperature is relatively insensitive to insulation and optical property
variation. Since the flox freezing point is around 52. 8 K, the danger of freezing is
small.

Figure 27 shows the results for the 1360-kilogram common bulkhead configuration.
The results are comparable to those in figure 25 for low emissivity surfaces; however,
the pressure rise is much greater for the combination of high emissivities and poor in-
sulation performance. The horizontal line denoting the left terminus of the high emis-
sivity curve for the flox tank indicates that the expanding liquid has occupied the total
tank volume (i.e., ullage = 0). Increasing the initial ullage volume would allow further
degradation of the thermal properties at the expense of system weight.
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The results for the 1360-kilogram two-tank configuration are shown in figure 28.
This figure exhibits the same trend as figure 26; however, the pressure rise in the
methane tank is greater at a combination of high emissivity and poor insulation perform-
ance and the flox temperature lower and closer to the freezing point.

Hydrogen-Oxygen and Hydrogen-Fluorine Stages

The thermal analysis in these stages was restricted to a 6350-kilogram propellant
loading and a payload to Sun orientation. Unlike the methane-flox stages, the conduction
heat transfer to the hydrogen could not be eliminated due to the much lower fuel tempera-
ture. Even with fiber glass supports having an external emissivity of-1.0, heat would be
conducted into the hydrogen tank. Therefore, this mode of heat transfer was included
in the analysis.

Also unlike the methane-flox, the radiation exchange between the tanks was some-
what different. Instead of both tanks effectively seeing space, the hydrogen tank was af-
fected by the oxygen and fluorine tanks; but the oxidant tanks were not affected by the
hydrogen tank., Calculations show that the net heat transfer to the hydrogen, however,
was very close to zero and sometimes slightly negative depending on the oxidant tem-
perature. Therefore, it was assumed that the net heat to the hydrogen by radiation from
the oxidant tanks was zero and the oxidant tanks radiated to a zero degree environment.

Two shadow shields were equally spaced between the payload and the hydrogen tank
in these stages. Shadow shields are discretely spaced thermal radiation barriers placed
between a heat source and heat sink in order to allow some of the radiant energy from the
heat source to be reradiated to the cold environment of space and thus effectively reduce
the heat transfer to the heat sink (see fig. 17). Analytical investigations of the effective-
ness of shadow shields of various shapes (i.e., flat plates, spheres, cones, etc., and
combinations thereof) have been reported in references 17 to 22, An experimental pro-
gram was conducted to determine the actual effectiveness of multiple flat shields and the
results are presented in reference 23. Multilayer insulation was used on the forward
and aft bulkheads of the hydrogen tanks and on the oxidant tanks. In addition, 1.27 cen-
timeters of foam insulation, for ground hold purposes, was placed on the cylindrical
section and under the multilayer insulation on the bulkheads of the hydrogen tank. Uti-
lizing a high emissivity surface (0. 9) permitted a significant increase in the heat re-
jection rate from the tank sidewalls. The fiber glass supports were assumed to have an
emissivity of 0. 8.

Figure 29 shows oxygen tank temperature and hydrogen tank pressure as functions
of coast time for the nominal thermal properties (i.e., 3. 81 cm of mﬁltilayer insulation
and emissivities of 0.1). As in the methane-flox two-tank configurations, the oxidant
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temperature decreases with time. However, its final value is well above the freezing
point of oxygen. The hydrogen pressure increases, but the pressure rise is only about
2.5 N/cm? over 1100 days.
A Figure 30 shows the final oxygen or fluorine temperature as a function of insulation
and surface property degradation. The results are also similar to the flox tank in the
6350-~kilogram two-tank configuration discussed previously.

Figure 31 shows the effect of insulation and surface property degradation on the
final hydrogen tank pressure for the hydrogen-fluorine stage. This figure shows that

Exposed surface

4o emissivity
e — v\ 0.05
58 30— ~ ———
s ~
=S @ —~ ~
=L ~—
£8 20— —~—
=Y
" [ | | | I | | | |

10 20 30 40 50 60 70 80 90 100
Insulation effectiveness, percent

Figure 31, - Final hydrogen pressure plotted against insulation effectiveness
for 6350-kilogram hydrogen-fluorine stage. Payload to Sun orientation;
coast time, 1100 days.

the hydrogen tank pressure is very sensitive to insulation effectiveness even with the
nominal emissivity, but relatively insensitive to insulation performance if the emis-
sivities are below the nominal. Again, the emissivities shown refer to all exposed sur-
faces; and, if one surface changes by a certain amount, they all change by the same
amount. However, this does not apply to the cylindrical section or support emissivities
whose assumed values were mentioned previously (i.e., 0.9 and 0.8, respectively). As
in the methane-flox stages, the only surface of the multilayer insulation which was con-
sidered affected was the outermost layer.

Figure 32 presents similar results for the hydrogen-oxygen stage. The hydrogen
tank pressure is less sensitive to degradation than in the hydrogen-fluorine staée because
of the lower O/F ratio. This increases the mass of the hydrogen, thus increasing the
heat sink capability. It also increases the hydrogen tank cylindricél section surface area
which allows more heat to be radiated to spaée.

In the previous discussion, only foam insulation was placed on the cylindrical section
of the hydrogen tank. This aided in rejecting heat when the tank did not have solar or
planetary radiation incident on it. However, during the early portion of the mission, an
Earth orbital coast period may be desirable where having only foam on the cylindrical
section may cause excessive heat transfer to the tank.

46



Final hydrogen pressure, Nicm?

Hydrogen boiloff due to cylindrical section heating, kg

10—

28

24

20

16

12

Exposed surface

emissivity
0.05
— T
~— -
\ -
\ -
—— T

T S e e ‘e e

I I | | | l I | l

%

20 30 40 50 60 70 80 90 100
Insulation effectiveness, -percent

Figure 32, - Final hydrogen pressure plotted against insulation effectiveness for
6350~-kilogram hydrogen-oxygen stage. Payload to Sun orientation; coast
time, 1100 days.

Thermal
emissivity,
€
0.
Solar ’
absorptivity,
g
0.9
.9
3 OSun

I J | | I I I I ]

10 20 30 40 50 60 70 80 90
Orbit time, min

90 180 210 360
Orbit angle, 9, deg

Figure 33. - Hydrogen bofloff plotted against time in orbit for 6350-kilogram
hydrogen-oxygen stage. Hydrogen cylindrical section; 1.27 centimeters
of foam insulation; 90-nautical-mile circular orbit; velocity vector
oriented; complete stratification model.

47



In a parking orbit environment, the heat flux to a vehicle is considerably higher than
that encountered during an interplanetary coast. With this high heat flux, the assumption
of bulk heating is questionable. Therefore, an estimate of the heat flux to the cylindri-
cal section of the hydrogen tank in the hydrogen-oxygen stage was made assuming (1) all
heat that entered the tank boiled off liquid, and (2) all heat that entered the tank went into
bulk heating of the liquid. The heating rates as a function of orbit time and/or orbit
travel angle measured from insertion were generated assuming a typical eastward launch
into a 90 nautical mile circular orbit of low inclination. Insertion was assumed to occur
at 10 a. m. The amount of hydrogen boiloff as a function of time spent in orbit, assuming
all heat entering the tank boils off liquid, is shown in figure 33. Results are presented
for two different foam insulation surface coatings.

The upper curve on this and the next figure shows the results when the foam has
been painted black to yield a high solar absorptivity (Ots) and a thermal emissivity (¢) of
0.9. This approximates a worst case condition while a more realistic coating is shown
by the lower curve. Boiloff depends on time in orbit and on the time of day at which
coasting occurs. The curves can be used for any coast time or time of day by reading
the boiloff at the angle corresponding to insertion and subtracting this value from the
boiloff observed t minutes lé.ter, where t equals the coast time of interest. Figure 34
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Figure 34. - Hydrogen pressure rise plotted against time in orbit for 6350-kilogram
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is similar to figure 33 except hydrogen tank pressure is plotted and the assumption of
100 percent bulk heating‘ (with no resultant hydrogen boiloff) is used instead of 100 per-
cent boiloff. As mentioned previously, by using mixers, a high degree of bulk heating
can be maintained. Without mixers, the real case will probably lie in between these two
extremes (i.e., some vaporization and some bulk heating); however, the actual condi-
tion is unknown.

Earth Storable Stages

A thermal analysis was conducted for a 6350-kilogram common bulkhead configura-
tion and a 1360-kilogram two-tank configuration. In each case, the tanks were assumed
to be radiating toa 0° environment and receiving no heat from any source in order to
see if propellant freezing occurred. Only the nominal performance is presented (i.e.,
3.81-cm multilayer insulation with an outer layer emissivity of 0. 1).

The results are presented in figure 35. The solid curve shows temperature profiles
plotted against coast time for the 6350-kilogram common bulkhead configuration. For
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nominal performance, neither propellant freezes over a period of 1100 days. The
dashed curves show the results for the 1360-kilogram two-tank configuration. The total
mission time again is 1500 days instead of 1100. The MMH freezes after 1000 days
while the MON freezes after 1180 days.

It should be noted that this is the most severe condition for the Earth storable pro-
pellants. To alleviate the problems of degradation in thermal performance, the propul-
sion system could be integrated with the payload to substantially reduce the rate of heat
loss.

Even for the completely isolated case considered previously, the power requirement
to prevent freezing is quite small - of the order of 1 watt per tank. This would appear
to be a small additional burden on the power supply when one considers that spacecraft
power requirements of 100 watts or more are not unlikely for planetary orbit missions.

MISSION PERFORMANCE

In this section, the performance of the various retrostages will be compared using
the values of specific impulse and stage mass fraction established in the previous sec-
tions. The performance of the retrostages will be compared on a general basis first.
They will then be compared specifically for the Jupiter and Saturn orbiter missions.

A general comparison between the performance of the various large (6350-kilogram
propellant weight) retrostages is shown in figure 36. Payload fraction is shown as a

Propellant combinations Specific Mass
impulse, Ly, fraction

.6 sec ((N)(sec)ﬁ(g)
~Hydrogen-fluorine 460  4511) 0.90
,~ —Hydrogen-oxygen 444 (434) .8
5 /",7 ~ Methane-flox 400 (3923) .91
/7 ~Monomethyl hydrazine - 320  (3138) .92

4 mixed oxides of nitrogen

(MMH-MON)

Payload to gross mass ratio, N\p,IM0

N N (N N SRR N NN NN N
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Retrovelocity increment, AV, misec

Figure 36. - Payload to gross mass ratio as function of retrovelocity increment for several pump-fed
propellant combinations, Propellant mass, 6350 kilograms.
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function of stage characteristic velocity (AV). The payload fraction shown is the ratio of
payload mass (MPI_) to total stage gross mass (Mo) including payload. The figure indi-
cates that, from a performance standpoint, the higher mass fractions which are possible
with the Earth storable and space storable propellants cannot overcome the advantage in
specific impulse held by the deep cryogenics.

A similar comparison for the small planetary retrostages (1360-kg propellant load)
is shown in figure 37. The performance of both pump- and pressure-fed methane-flox
stages are compared to the performance of a pressure-fed Earth storable stage. The
deep cryogenic stages were not investigated for the small stage size.

Propellant combinations Specific Mass
impulse, Ispv fraction
sec ({NMsec)kg)

s~ Pump-fed methane-flox 400 (3923) 0.85

/ /- Pressure-fed methane-flox 385 (3776} .81

/ ///— Pressure-fed monomethyl 305  (2991) .81
4 hydrazine - mixed oxides
of nitrogen (MMH-MON)

Payload to gross mass ratio, MpIIMo

0 | | | ] | 1 | | | ]
1000 1500 2000 2500 3000 3500 4000 - 4500 5000 5500 6000 6500 7000
Retrovelocity increment, AV,, misec

Figure 37. - Payload to gross mass ratio as function of retrovelocity increment for several propellant
combinations. Propellant mass, 1360 Kilograms,

The performance of the various planetary retrostages for Jupiter and Saturn orbiter
missions is summarized in figures 38 to 41. Figure 38 presents results for a Jupiter
orbiter mission using the 260-inch solid launch vehicle. The trade-off between apoapsis
radius and trip time is presented for each of the small retrostages delivering a final
payload of 907 kilograms. A constant periapsis radius of 3.0 planet radii is assumed.
It should again be noted that for all retrostages it was assumed that the electrical,
tracking, and telemetry systems and all guidance and attitude control functions were in-
tegrated with the payload. Thus, the 907-kilogram payload must provide for these sys-
tems. ,

As shown in figure 38, a Jupiter orbiter mission can be accomplished with a
260-inch solid launch vehicle and a pressurized Earth storable retromodule. As an ex-
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Figure 38. - Apoapsis radius ratio plotted
against trip time fo Jupiter for various
propellant combinations. Periapsis
radius ratio, Rperi’RJup' 3.0; 260-inch
solid/S-IV BICentaur; payload, 907 kilo-
grams,

ample, the 907-kilogram payload can be delivered to an orbit having a periapsis radius
of 3.0 planet radii and an apoapsis radius of 26.5 Jupiter radii in about 650 days. Use
of the pump-fed methane-flox retrostage can reduce trip time about 110 days or decrease
the apoapsis radius to about 15. 0 Jupiter radii.

A payload comparison between the various retrostages can also be made using sev-
eral of the figures mentioned previously. Again, consider the 650-day mission for the
pressurized Earth storable stage. Figure 8 indicates that the 260-inch solid vehicle in-
jects 3720 kilograms for this trip time. With a payload weight of 907 kilograms, the
payload fraction for the pressurized Earth storable is 0. 244. Reference to figure 37
shows that at this payload fraction, the pressure-fed Earth storable stage has a AVr
capability of 2825 meters per second and the corresponding payload fraction for the
pump-fed methane-flox stage is 0.397. With this payload fraction and an injection mass
of 3720 kilograms, the payload for the pump-fed methane-flox stage is approximately
1477 kilograms. For the same mission then (650-day trip time, a periapsis radius of
3.0 Jupiter radii, and an apoapsis radius of about 26. 5 Jupiter radii), the 907-kilogram
payload for the pressurized Earth storable stage can be increased to 1477 kilograms
using a pump-fed methane-flox stage. Similar comparisons can be made for other points
in figure 38. |

It should be mentioned that the performance results shown in figure 38 are all based
on the stage mass fractions obtained for the 1360-kilogram propellant mass designs. In
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Figure 39. - Apoapsis radius ratio plotted
against trip time to Saturn for various
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Figure 40, - Apoapsis radius ratio plotted against trip -
time to Jupiter for various propellant combinations.
Periapsis radius ratio, Rperi/Rjyp. 3.0; Saturn V;
payload, 1360 kilograms.
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actuality, the stage propellant loadings vary along the curves presented in figure 38.
Several values of required stage propellant loading are indicated by the symbols on the
figure. For stage propellant loadings higher than the design value of 1360 kilograms
(as is the case throughout fig. 38), the stage mass fractions should presumably be some-
what better than the values used in the calculations. Similarly, where propellant load-
ings are smaller than the design value (as is the case in some of the following figures),
the stage mass fraction should be somewhat lower than the values used in the calcula-
tions. |

A comparison of the smaller retrostages for a Saturn orbiter mission using a
260-inch solid vehicle is shown in figure 39. Except for the longer trip times required,
the results are similar to those for figure 38.

A comparison of the performance of the larger retrostages is shown in figures 40
and 41. Figure 40 gives results for a Jupiter orbiter mission using a Saturn V launch
vehicle, and figure 41 gives results for a Saturn orbiter mission using a Saturn V/
Centaur launch vehicle. The final payload for these larger missions has been in-
creased to 1360 kilograms. (Significantly higher payloads could be assumed, if desired,
at, of course, some sacrifice in either trip time, orbit radius, or both.) All the stages
shown in figures 40 and 41 are pump-fed, and results for both hydrogen-oxygen and
hydrogen-fluorine stages have been included.

The general trends and comparisons shown in figures 40 and 41 are similar to those
presented in figures 38 and 39. With the larger launch vehicles, the orbiter missions
can be accomplished in a shorter trip time or with closer planetary orbits or both.
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However, truly short trips or close circular orbits cannot be achieved even using
Saturn V class launch vehicles.

SUMMARY OF RESULTS

An analytical study of unmanned planetary orbiter missions to Jupiter and Saturn
was conducted in order to compare the payload capability and propellant storage charac-
teristics of retrostages using Earth storable, space storable, and deep cryogenic pro-
pellants, The results may be summarized as follows:

1. Space storable stages utilizing multilayer insulation and low conductivity supports
appear capable of remaining nonvented in space for long periods of time.

2. Utilizing payload to the Sun orientation plus shadow shields results in storability
characteristics for the deep cryogenics that are similar to those of the space storables.

3. Space storable or deep cryogenic stageshoffer a payload advantage over Earth
storable stages when compared on a fixed stage velocity increment basis. However, re-
gardless of the propellant combination selected, the payload level can be significantly in-
fluenced by changes in trip-time, periapsis altitude, and orbit eccentricity. Therefore,
the absolute advantage of the more energetic propellant combinations over Earth stor-
ables is largely determined by how rigidly the payload pianner constrains the mission
parameters.

Lewis Research Center,
National Aeronautics and Space Administration,
Cleveland, Ohio, January 15, 1969,
128-06-04-02-22.
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