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ABSTRACT

This report summarizes the results of a recent examination of
current automated spacecraft propulsion technology and probable future
requirements for automated spacecraft propulsion, The implications to
space transportation system planning are emphasized. An attempt was
made to cover all pertinent forms of spacecraft propulsion (particularly
chemical and solar electric propulsion systems) for missions of potential
interest to 0SSA, The report is intended to serve as a general reference
document for space transportation system advance planners,



TABLE OF CONTENTS

INTRODUCTION, & ¢ o @« @ @ ¢ s @ s =

e ® ¢ @ ® ¢ & & @ ¢ & o & o & o

PRESENT STATUS OF SPACECRAFT PROPULSION 4 4 & & o o o o o o ¢ & o &
LIKELY FUTURE TRENDS IN SPACECRAFT PROPULSION & « o o « ¢ o o o o o
IMPLICATIONS TO ADVANCE PLANNING FOR SPACE- TRANSPORTATION SYSTEMS .
CONCLUSIONS . . . . . . . . . . . &

REFERENCES. ¢ & o . . . . - . L] . . ° » . . . L ] . o o
APPENDICES

APPENDIX A, SUMMARY OF SPACECRAFT PROPULSION TECHNOLOGY, . . . . .
APPENDIX A, REFERENCES « . ¢ ¢ ¢ o o o ¢ o o s o o s 8 o« o o o o
APPENDIX B, SUMMARY OF SPACECRAFT PROPULSION APPLICATIONS. . « « &
APPENDIX B, REFERENCES . . . 4 ¢ o o o « s o« s o o o o
APPENDIX C, DETAILS OF SOME EXISTING SPACECRAFT PROPULSION SYSTEMS

APPENDIX C. REFERENCES *® 9 & 5 o o & o s & o o O & 0 ©o s+ & 0 0 0 o

LIST OF FIGURES

FIGURE 1. POTENTIAL OPERATING REGIMES FOR REPRESENTATIVE AUTOMATED
SPACECRAFT PROPULSION SYSTEMSe o o o o o o o o 0 o o » o

FIGURE 2. THRUST AND TOTAL IMPULSE LEVELS FOR SOME EXISTING
AUTOMATED SPACECRAFT PROPULSION SYSTEMS., 4 o o o o o o o«

FIGURE 3. WEIGHT AND TOTAL IMPULSE LEVELS FOR SOME EXISTING
AUTOMATED SPACECRAFT PROPULSION SYSTEMS. . 4 o o o o o o

FIGURE 4, THRUST AND TOTAL IMPULSE LEVELS FOR SOME EXISTING AND
POSSIBLE FUTURE AUTOMATED SPACECRAFT PROPULSION SYSTEMS,

FIGURE 5, WEIGHT AND TOTAL IMPULSE LEVELS FOR SOME EXISTING AND
POSSIBLE FUTURE AUTOMATED SPACECRAFT PROPULSION SYSTEMS.

FIGURE 6, PERFORMANCE OF STAGES BASED ON ORBITER MODULES ON
TITAN IIIX(lZOs)/CENTAlIRo * e ‘. e & » o Ll L ] e o e L)

12
19
26

27

C-17

14
15

25



FIGURE
FIGURE
FIGURE
FIGURE
FIGURE

FIGURE
FIGURE
FIGURE

FIGURE

FIGURE
FIGURE
FIGURE

FIGURE
FIGURE
FIGURE

FIGURE
FIGURE

FIGURE

A"lo

A"Zo

A"3-

B-1.

B-2,

B-3.

B4,

B-Sc

B-6.

B"7.

B'B.
B“'9¢
B"lOo

B“'llo

B-12,

B~13,

TABLE OF CONTENTS
(Continued)

SCHEMATICS OF REPRESENTATIVE MICROTHRUST SPACECRAFT
PROPULSION SYSTEMS: ¢ ¢ o o o o o o o ¢ ¢ o o o o o

SPACECRAFT PROPULSION SYSTEM WEIGHT USING EARTH
STORABLE PROPELLANTS: & o o o ¢ o o o o s o o o o o

SPACECRAFT PROPULSION SYSTEM WEIGHT USING SPACE
STORABLE PROPELLANTS. o o o o o o o ¢ s o o o & o o

SPACECRAFT PROPULSION SYSTEM WEIGHT USING CRYOGENIC
PROPELLANTS (H/F2; DENSITY = 33 1b/ft3) o ¢ « o &

SPACECRAFT PROPULSION SYSTEM WEIGHI USING
SOLID PROPELLANTS L] L o L] o L ° o ] L ) © ° L] L] L] o o

TRANSFER APOGEE IMPULSE REQUIREMENTS AFTER TRANSFER
FROM 100 N, M. ORBIT . . . . -

ADDITIONAL VELOCITY INCREMENT REQUIRED FOR ORBITAL
PLANE CHANGE FOR CIRCULAR ORBITS, o o o o o o ¢ o »

MINIMUM APPROACH VELOCITIES FOR DIRECT
mRﬂURY FLIGHTS L4 L ] o L L] -] o o < [ ] L4 o o L] o ° L L]

APPROACH VELOCITIES FOR MARS AND VENUS. o o o o « &

APPROACH VELOCITY FOR JUPITER (400, 500, AND 600
DAY FLIGHT Tms) -] L] -] * L 4 ° e Ll e e . . ° o L) o ®

APPROACH VELOCITY FOR SATURN (500, 875, 1250, AND
1625 DAY FLIGHT TImS)D -] * 2 . ] L ©° * ] o o L ) e °

APPROACH VELOCITY FOR URANUS (1225, 1600, 1975,
AND 2350 DAY FLIGHT TIMES): « o o o o o © ¢ o o o o

APPROACH VELOCITY FOR NEPTUNE o+ o ¢ © o » o o o o »
APPROACH VELOCITIES FOR LUNAR MISSIONS. o ¢ o o o o
ESCAPE VELOCITIES FOR THE PLANETS AND EARTH'S MOON,

RETRO IMPULSE REQUIREMENTS VERSUS APPROACH VELOCITY
FOR VARIOUS SHAPED ORBITS o« ¢ o o o ¢ © o o ¢ o o o

RETRO IMPULSE REQUIREMENTS VERSUS APPROACH VELOCITY
FOR VARIOUS SHAPED ORBITS ¢ ¢ ¢ o o« o o o o o o o »

ESTIMATED UPPER AND LOWER BOUNDS FOR INDIRECT
PLANETARY LANDER AV REQUIREMENTIS. o ¢ ¢ o o ¢ « o o

A-12

A-14

A-15

B-6

B-7

B-13

B~14

B~15

B-16

B-17
B-18
B~19

B-20

B-21

B-22

B-27



TABLE OF CONTENTS
(Continued)

FIGURE C-1, CUTAWAY VIEW OF SYNCOM SPACECRAFT. . ¢ o « o ¢ &« o o GC=2
FIGURE C-2, MARINER IV SPACECRAFT CONFIGURATION. ¢ o & ¢ o o« « « C=3
_FiGURE C-3. LUNAR ORBITER SPACECRAFT ., 4 ¢ o ¢ « = ¢« s o o e« o« &« C-4
FIGURE C-4, SURVEYOR 1 SPACECRAFT. . ¢ o« o ¢ o o« s « o ¢ o s o & C-5
FIGURE C~5, RANGER VII MIDCOURSE PROPULSION SYSTEM , « « « « « « C-8

FIGURE C-6. SCHEMATIC OF MARINER A MIDCOURSE AND
APPROACH~CORRECTION PROPULSION SYSTEM. o o o« o« « « « GC-9

FIGURE C-7, LUNAR ORBITER VELOCITY AND REACTION CONTROL SUBSYSTEM C-~11
FIGURE C-8, SURVEYOR I‘VERNIER PROPULSION SYSTEM ¢ & o o « o « o GC-12
FIGURE C-9., AIMP-D SPACECRAFT SIDE VIEW, « o ¢ « o o o » « o » o G=13
FIGURE C-10, SURVEYOR I MAIN RETROMOTOR (TE-364). o 4 o ¢ o o o o C-15
FIGURE C-11, SURVEYOR I TERMINAL DESCENT RETROPROPULSION

NOMINAL EVENT SEQUENCE , ¢ ¢ o o o o « o o« o « o » o C-16

LIST OF TABLES

TABLE 1. - PRESENT AUTOMATED SPACECRAFT PROPULSION APPLICATIONS
AND ASSOCIATED TOTAL IMPULSE OR VELOCITY INCREMENT
R-EQUIREMENTSoooeoeoo-o--ooooo'-oo 7

TABLE 2, PRESENT AUTOMATED SPACECRAFT PROPULSION APPLICATIONS
AND ASSOCTATED THRUST LEVELS ¢ ¢ « « o o o o o o o » 7

TABLE 3, DETAILS OF SOME EXISTING AUTOMATED SPACECRAFT
PROPULS ION SYSTmS L] L] L * o -3 L4 4 L ° * o o o o -] . 1 0

TABLE 4. POSSIBLE FUTURE AUTOMATED SPACE MISSIONS REQUIRING
HIGH TOTAL IMPULSE SPACECRAFT PROPULSION SYSTEMS . . 13

TABLE 5. PRELIMINARY ESTIMATES OF REQUIRED SPACECRAFT
PROPULSION SYSTEM WEIGHIS FOR SOME POSSIBLE FUTURE
AUTOMTED SPACE MISSIONS . [} o - e . L] L] ° ® o Q ° ] 13

TABLE 6. DATA ON POSSIBLE FUTURE COMBINED CHEMICAL --

SOLAR ELECTRIC PROPULSION SYSTEMS. o o o ¢ « » « o o« 17
TABLE 7. REPRESENTATIVE MARS ORBITER PROPULSION MODULES . . . 21
TABLE 8. STAGE DESIGNS BASED ON MARS ORBITER PROPULSION

MODULESc ¢ © 0 © o ® ® ¢ o @ © ® © 0 e 0 o S @ o0 & -



TABLE

TABLE

TABLE

TABLE

TABLE

TABLE

TABLE

TABLE

TABLE

A-"'l ©

A-2,

A-Bo

A"Ll'a

A"S o

TABLE OF CONTENTS
(Continued)

PERFORMANCE CHARACTERISTICS OF STORED GAS
PROPELLMTSYSTM...-oo-oocooooooo A"S

NOMINAL PROPELLANT LIQUID STATE TEMPERATURE RANGES, A-7

TYPICAL SPECIFIC IMPULSE VALUES FOR
LIQUID BIPROPELLANTS . e o 9 Ed L { 3 - L] . * $ 4 ° ° ® ° A'-8

PROPERTIES OF SOME EXISTING SOLID PROPELLANT MOTORS A-17

PROPELLANT FRACTIONS FOR PROPULSION SYSTEMS USING
SOLIDPROPELLANTS....GI.'..00..‘.. A"'18

SUMMARY OF SOME CURRENT NASA SPONSORED RESEARCH ON
LARGE CHEMICAL SPACECRAFT PROPULSION. . . o « o » A-23

TYPICAL ATTITUDE CONTROL GAS REQUIREMENTS FOR
PASTSPA.CECRAFT.@..o-boooooo.o.o. B"s

TYPICAL MIDCOURSE PROPULSION SYSTEM REQUIREMENTS. . B-11

TYPICAL RETRO AV'S FOR LUNAR AND PLANETARY ORBITERS B-24



REPORT NUMBER BMI-NLVP-TM-69~5
on
STATUS AND TRENDS OF AUTOMATED SPACECRAFT
PROPULSION AND THEIR IMPLICATIONS TO SPACE
TRANSPORTATION SYSTEM PLANNING
to
NATIONAL AERONAUTICS AND SPACE ADMINISTRATION
from
D. S. Edgecombe

CONTRACT NUMBER NASw-~1146

April 18, 1969

INTRODUCTION

In the past, the development of automated spacecraft
propulsion systems has been primarily the responsibility of individual
spacecraft project offices., This division of propulsion efforts
between individual spacecraft projects has been consistent with
basic OSSA operational policy and has worked reasonably well,

Two foreseeable future propulsion developments may require revision
of this policy. These are the possible development and use of the

following systems:

(1) Relatively large chemical spacecraft propulsion
systems for proposed future planetary orbiters
and landers, and
(2) Solar powered electric propulsion systems for
interplanetary and other missions.
To understand why these potential developments may require changes in

the current policy, it is necessary to discuss the past and present



status of spacecraft propulsion in some detail. This will be done in
the next section. Following this, the likely nature of future

large chemical and solar electric spacecraft propulsion systems,

and the general nature of the problems they may create will be
discussed., Finally, the impact of these systems on space transportation

system advance planning will be considered.

PRESENT STATUS OF SPACECRAFT PROPULSION

Appendix A contains a detailed summary of the present status
of automated Spacecraft propulsion technology. Some of the essential
features of these systems are summarized in this section,

Propulsion systems for automated spacecraft cover a wide range
of sizes and types. Thrusts range from the micropound to the kilopound
level, while the systems range from subliming solid propellant
control motors to more conventional solid or liquid propellant
orbit injection and midcourse motors. Figure 1 shows useful (or
preferred) ranges for typical automated spacecraft propulsion systems

%
(1-3) The boundaries

as a function of thrust and total impulse.
for these regions can be only loosely defined since the requirements
for specific missions must eventually be considered on an individual
basis.

Spacecraft designs are usually, of necessity, weight limited,
50 that there is a natural desire to keep the weight of any included

propulsion systems low, As the total impulse increases, and as the

weight of the propulsion system becomes a significant fraction of the

Superscript numbers refer to References shown at end of this report.
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total spacecraft weight, weight saving (such as through the use of
higher specific impulse propellants and systems) becomes increasingly
important or even mandatory. Thus, the specific impulse (ISP) of the
preferred systems in Figure 1 increases from left to right. For systems
providing small total impulses, the weight of the propulsion system

is also small, In these instances, propellants and systems are

chosen on the basis of system development cost, expected reliability,
total system weight, and other factors than specific impulse. Thus,

stored gas systems (e.g., high pressure gaseous Nj, I ~ 75 sec) are

SP
acceptable for total impulses of 101 - 103 1b-sec for thrusts
around 1 1b, while a solid or liquid bipropellant system (e.g., NTO-
Aerozine 50, ISP ~ 310 sec) is preferable when the total impulse
requirement is increased to 109 - 10% 1b-sec at the same thrust level,
Several undesirable features are associated with the use of
higher ISP propellants and systems. In most cases, higher specific
impulse is accompanied by higher operating temperatures and greater
complexity, which leads to reduced lifetime and reliability, and to
increased cost. In some cases, such considerations can dictate that a
propulsion system be operated at a lower specific impulse than the
maximum obtainable, For example, the Vela nuclear detection satellite
built by TRW had an orbit adjustment propulsion system using high
pressure gaseous Ny heated by electrical resistors. The system was
operated at a specific impulse of 123 sec, even though it was capable

of yielding higher I Operation at the higher temperature (ISP) would

SP°
have increased the chance of the exhaust jet interfering with the

(4)

satellite communication system.



Small systems are generally sufficiently simple that new
units can be developed at relatively low cost. Under ‘these conditions,
each system can be custom designed for the individual spacecraft, with
spacecraft interactions the predominant consideration. Consequently,
the need for central coordination and direction in this area is
minimal,

In many cases, low total impulse systems also have low
thrust requirements, so that even nonexpulsive propulsion techniques
may be attractive., For example, the Mariner IV spacecraft  experienced
small net torques about two axes due to an unequal distribution of
solar pressure., It was nececessary to provide a long term attitude’
control system as well as a system for major maneuvers, such as for
midcourse orientation, A stored gas system was used for both the
midcourse maneuver orientation and attitude control, However, for
attitude control about the two Sun-perturbed axes, the stored gas
system was supplemented by using the solar pressure itself, Controllable
solar sails provided the necessary correcting torques by varying the
solar pressure force on each paddle.(5’6)

In contrast to the situation for small spacecraft propulsion
systems, large systems can require major, relatively costly development
efforts. These systems can be as large as a launch vehicle upper
stage and may require the same or, perhaps, more advanced technology.
Hence, there exists an obvious need to coordinate the development of
such systems to insure their maximum utility and to avoid costly

developments of single use items.



Having argued that low total impulse (or AV) systems can,
and probably should, be designed for each individual spacecraft, and
that high total impulse (or AV) systems should not be, it becomes
necessary to decide what constitutes high and low total impulse (or
AV) systems, Appendix B discusses the most common current and
projected automated spacecraft propulsion applications and describes
their asséciated total impulse or velocity increment requirements,
The data presented there provides a useful basis for defining what
constitutes large systems,

Tables 1 and 2 summarize automated spacecraft propulsion
applications discussed in Appendix B and their typical AV (or total
impulse) and thrust ranges. Of the applications shown, Earth orbit

injection, orbiter retropropulsion and planetary lander systems can
be considered to definitely fall in the high total impulse (high AV)
category while north-south stationkeeping and midcourse correction
systems could be classed as being on the bordeiline between small

and large systems.

Figures 2 and 3 show the range of total impulse and thrust
and weight, respectively, for some existing spacecraft propulsion

(5,6,8-18) 116 3 provides some details

systems in these categories.,
on the propulsion systems shown in Figures 2 and 3_(5,6,8-18) Appendix C

presents additional details,



TABLE 1, PRESENT AUTOMATED SPACECRAFT PROPULSION APPLICATIONS AND
ASSOCIATED TOTAL IMPULSE OR VELOCITY INCREMENI REQUIREMENTS

W

Automated Spacecraft Typical Total Impulse (lb-sec) or Velocity
Propulsion Application Increment (ft/sec) Requirements
Stationkeeping

East-West ~ 10 ft/sec (per year)

North-South

Attitude Control

Earth Orbit Injection (Including
Earth Escape Injection)

?

200 ft/sec (per year)
300-400 1lb-sec
100-10000 ft/sec

3

2

14

Orbit Correction 1-100 £ft/sec

Midcourse Correction ~ 50-120 ft/sec
Orbiter Retropropuision "~ 1000-40,000 ft/sec
Lander Propulsion ~ 6000-20,000 ft/sec

TABLE 2, PRESENT AUTOMATED SPACECRAFT PROPULSION
APPLICATIONS AND ASSOCIATED THRUST LEVELS M

Thrust, 1b

106 <5 4 -3 -2 -1 0 ;2 3 4

soooertns N
/

e\ 7/ 7/

Earth orbit injection 4;%%%222%222%

Y

Midcourse correction ///////
7,
/,

Orbiter retropropulsion* 7/////% //
/

/
Planetary 1ander* %// //A

)

* TIncluding Lunar missions.

W Chemical propulsion (including stored gas, ete)

\Q ,
k Electric propulsion
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Two significant general conclusions can be drawn from
Figures 2 and 3, and Table 3, First, the existing systems shown
are characterized by modest size and thrust levels (i.e., past
automated spacecraft requirements have not led to development of
large costly propulsion units), The moderate size of these systems
is also reflected in the fact that advanced propellants have not
been required. With one exception, the systems shown in Figures 2
and 3 use either liquid monopropellants (e.g., hydrazine) or
solid propellants, both of which have modest ISP values. The
one exception shown is the Lunar Orbiter, which used NIO-Aerozine 50.

The second general conclusion is that there has been a sig=-
nificant amount of fortuitous cooperation between spacecraft
propulsion groups as evidenced by the fact that several of the
propulsion systems involved have been used on different spacecraft.
Examples include the Ranger VII and Mariner II, the Gemini and
Surveyor, and the Apollo and the Lunar Orbiter. This cooperation is
fortuitous in the sense that there was no single central spacecraft
development group that could plan and enforce cooperation between
various spacecraft developers, yet, lacking this overall central
planning, the propulsion systems that were developed proved to be
usable on several spacecraft. In addition, the largest motor
shown (i.e., the TE364 Surveyor retromotor) is now used in the
Burner II, which has been used on Atlas and Thor for several USAF
launches, and is now integrated as spin-stabilized final stage on

TAT/Delta for future NASA missions,
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Briefly, the current and past situation in spacecraft
propulsion is characterized by the following:

(1) The limited number of propulsion systems developed
as needed by the individual spacecraft groups

(2) The modest size of these units

(3) The general use of low energy (i.e., 1meSP)
propellants

(4) The effective multiple use of a number of existing
spacecraft propulsion systems including some

utilization as upper launch vehicle stages,

LIKELY FUTURE TRENDS IN SPACECRAFT PROPULSION

There are two possible future developments which could produce
ma jor changes in the spacecraft propulsion picture outlined in the
previous section., The first of these is a possible requirement for the
development of large chemical spacecraft propulsion systems.

Table 4 presents a list of some possible future automated space
missions requiring high total impulse spacecraft propulsion systems,
These data are from the 1967 NASA 0SSA Prospectus (June edition)

and were supplied to a contractor for a current NASA-sponsored

study of spacecraft propulsion propellant selection.(lg) Table 5
presents some preliminary estimates of the required propulsion system
weight for various propellant choices for each of these missions.(lg)
Figures 4 and 5 show the total impulse and system thrust and weight,
respectively, for these propulsion systems and for the systems shown

previously in Figures 2 and 3.(2:5’6’8'19)



13

TABLE 4. POSSIBLE FUTURE AUTOMATED SPACE MISSIONS REQUIRING
HIGH TOTAL IMPULSE SPACECRAFT PROPULSION SYSTEMS(19)

Propulsion Mission Payload AV Nominal Thrust
Mission Function Year (1b) (ft/sec) (1b)
Mars Orbiter Orbit Injection 1973 8143 6950 8000
Venus Orbiter Orbit Injection 1977 7000 13500 8000
Jupiter Orbiter Orbit Injection 1981 2000 7600 2000
Saturn Orbiter Orbit Injection 1984 2000 6000 2000

TABLE 5. PRELIMINARY ESTIMATES OF REQUIRED SPACECRAFT
PROPULSION SYSTEM WEIGHTS FOR SOME POSSIBLE
FUTURE AUTOMATED SPACE MISSIONS(19)

Propulsion Module Weight (1b)

Earth Storable Space Storable Deep Cryogenic
Mission (N204/A-50) (Flox/CHy) (Fo/H2)
Mars Orbiter 11,720 8,600 8,150
Venus Orbiter 21,010 13,430 12,410
Jupiter Orbiter 5,840 4,430 4,750

Saturn Orbiter 4,530 3,620 4,280
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Several conclusions can be drawn from these Tables and
Figures, First, the propulsion systems required for missions like the
Mars, Venus, Jupiter, and Saturn orbiters would be roughly an
order of magnitude larger in total impulse, weight, and thrust
than the largest automated épacecraft propulsion system used to
date (the Surveyor retromotor). Second, if it is desired to hold
the weight of these ‘propulsion systems to reasonable levels so as to
conserve usable payload capability, high energy propellants ﬁot
previously used for spacecraft propulsion will have to be employed.
The second possible near future development that threatens
to disrupt the development control situation outlined in the
previous section is the introduction and operational use of solar
powered* electric propulsion systems.(zo) Although the economic
implications associated with introducing these systems are far from
clear at present, it is reasonable to assume that the previous
argument that high specific impulse implies system complexity
which, in turn, implies Hhigher costs would hold here also. 1In
addition, the use of these systems to provide a portion of the
prime propulsion would have a far greater feedback on launch vehicle
requirements than that exerted by any spacecraft propulsion
system to date, Table 6 illustrates the launch vehicle and spacecraft
characteristics for several possible missions for which combined

solar electric--chemical propulsion systems have been proposed.<21’22)

Nuclear powered systems could have a similar effect in a later time
period,
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Several characteristics of these systems which are of concern
in space transportation system planning are immediately evident.
First, the spacecraft propulsion system would provide a substantial
percentage of the required energy. For the cases shown, the equivalent
. AVg provided by the electric system (the difference between Ve required
ballistic and V; actual) ranges from ~ 10,000 to 30,000 ft/sec, or
from about 20% to nearly 50% of the total propulsion energy requirement.
The existence of such spacecraft propulsion systems would clearly
have a strong effect on requirements for launch vehicles, particularly
on the requirements for upper stages.

Second, the interface between the launch Vehicle and spacecraft
is no longer clearly defined, Not only does the spécecraft propulsion
system make a substantial energy contribution, but it also interacts
strongly with the operations of the spacecraft since it would likely
be active over a substantial fraction of the spacecraft's lifetime,
and there could be joint usage of power from the same source,

Third, solar electric propulsion systems have potential for
reducing planetary approach velocities., Since the solar electric
systems would operate throughout most of the mission, there is a
substantial amount of freedom available in controlling thrust
history and, therefore,;trajectory shaping, For those missions
involving high planetary approach velocities when performed with a
ballistic trajectory (e.g., Mercury), solar electric systems can be
used to reduce substantially the planetary approach velocity and, thus,

reduce the terminal retro AV requirement.(23)
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In summary, probable future spacecraft propulsion systems will

likely differ substantially from present and past systems with regard to
the following:

(1) Required total impulse (as well as system thrust
and/or weight) could be an order of magnitude or
more larger,

(2) System specific impulses (and, thus, system
complexity and cost) can be expected to be higher
to satisfy the higher total impulse requirements.

(3) These systems (particularly, with the solar electric,
and chemical planetary orbiter and lander systems)
could provide a substantial portion of the total mission
propulsion energy requirements.

(4) The interaction and potential interferences of the
propulsion system with other spacecraft subsystems
could be greatly increased, because of the increased .
size and possible long operating or residence time.

(5) Large planetary approach velocities (larger orbiter
propulsion AV's) could be substantially reduced by

trajectory shaping with solar electric systems.

IMPLICATIONS TO ADVANCE PLANNING FOR
SPACE TRANSPORTATION SYSTEMS

The implications of current trends in spacecraft propulsion
to advance planning for space transportation systems follow in a relatively
straight manner from the discussions of the previous section. The size

and specific impulse of the anticipated propulsion systems imply
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a costly developmgnt effort. Such systems can no longer be classed

as '"'secondary" propulsion, They will require a major development
program, and should not be developed without reference to other possible
spacecraft and launch vehicle propulsion requirements. It is highly
desirable,for example, that the current basic and exploratory research
projects supported in advanced propulsion be selected with care so as

to provide a basis that can eventually be of use in developing spacecraft
and launch vehicle propulsion systems of benefit to the overall NASA
program effort. To know what areas will be of potential use requires
that the new spacecraft propulsion technologies be examined from an
overall NASA mission requirements viewpoint rather than from the narrow
perspective of a single program or project's needs or desires.

As an example of this requirement<fpr overall NASA require-
ments planning, consider the propulsion modules shown in Table 7. These
module designs were developed during the previously mentioned NASA-
sponsored study of spacecraft propulsion propellant selection.(19’24)
They are for the Mars orbiter mission shown in Table 4 and are based on
more detailed design studies than were used for the preliminary
estimates shown in Table 5. The modules are of sufficient size and
use energetic enough propellants to be potentially of interest
as upper stages for launch vehicles. Thus, the possibility exists
that modules of these types would be potentially adaptable for dual

(orbiter retropropulsion and launch vehicle) usage®, with possible

The concept of using a single propulsion module for both spacecraft
and launch vehicle applications is not new, however. A design using
Earth storable propellants was proposed in Reference 22, for example.
As noted before the TE364 Surveyor retromotor is used in Burner II
and on Delta.
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TABLE 7. REPRESENTATIVE MARS QRBITER PROPULSION MODULE WEIGHTS(24)
Subsystem Weight N,0,/A-50 Flox/CHy OF/BoHg Fo/Hp
(1b) Pump Fed Pump Fed Pressure Fed Pump Fed
Structure
Base Structure 36 178 175 72
Meteoroid Panels 120 .- -~ 78
Internal Structure 41 50 48 -
Tank Supports 101 110 108 69
Engine Support - - ~- 91
Attachments, Etc. 27 27 27 27
Bulkhead Insulation 45 45 45 45
Propellant Feed Assembly
Tanks 301 290 294 311
Valves and Filters 32 55 55 51
Insulation 18 73 52 233
Meteoroid Bumper -- 75 87 71
Pressurization System 24 59 105 36
Engine System 158 152 384 152
Contingency 90 114 138 125
Residuals
Propellant 139 91 82 86
Vapor Weight 4 77 49 126
He~Gas 2 11 19 5
Performance Reserve 137 76 89 73
Propellants 8,260 6,485 6,591 5,587
Propulsion Module
Weight 9,535 7,968 8,348 7,238
Specific Impulse (sec)
335 410 414 468
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overall NASA cost savings. It could be wasteful, therefore,
if such dual applications were not examined so that future design and
technology development decisions could be based on a wider mission
requirement model.

Launch vehicle Earth escape stage and other applications
(orbiters of Venus and Jupiter, Lunar cargo missions) of modified”
versions of the Mars orbiters of Table 6 are presently being
examined as a part of the second phase of the spacecraft propellant

26 . .
(26) The results of that examination were not com=-

selection study.
pleted at the time this report was prepared. Therefore, in response
to an earlier suggestion from OART(27), a preliminary examination
was made of the possibility of adapting the Mars orbiter module
designs of Table 7 for use as upper stages on 0SSA launch vehicles.
Table 8 shows the preliminary estimate of the characteristics
of stages based on the Mars orbiter propulsion modules. For all four
stage designs, the orbiter module meteoroid protection was eliminated
and the insulation reduced to be compatible with launch site hold and
a 2-hour coast requirement. Guidance and telemetry systems, stage
power supplies and attitude control systems were added, The guidance
and telemetry system weights were obtained from recent kick stage
guidance studies performed at Battelle's Columbus Laboratories for the
NASA Electronic Research Center under NASA Contract NAS12-550. The

weights for the stage electrical and attitude control systems were

based on previous kick stage design experience.(28'3o)

Modifications include redesign to a 10-ftnmaximum diameter to allow
use of the proposed Titan Centaur launch vehicle,
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TABLE 8. STAGE DESIGN WEIGHT BASED ON MARS
ORBITER PROPULSION MODULES

|

Stage Subsystem N204/A-50 Flox/CHy OF 2/B2Hg Fo/Hg
Weilght, (1b) Pump Fed Pump Fed Pressure Fed Pump Fed
Structure
Base Structure 36 178 175 72
Internal Structure 41 50 48 ~-
Tank Supports 101 110 108 69
Engine Support -- e - 91
Attachments 27 27 27 27
Bulkhead Insulation 45 45 45 45
Propellant Supply System
Tanks 301 290 294 311
Valves & Filters 32 55 55 51
Insulation -~ 18 13 60
Pressurization System 24 59 105 36
Engine System 158 152 384 152
Contingency 90 114 138 125
Residuals
Propellant 139 91 82 86
Vapor Weight 4 71 49 126
He-Gas 2 11 19 5
Performance Reserve 137 76 89 73
Propellants 8,260 6,485 6,591 5,587
Guidance System
IMU & Computer 70 70 70 70
Batteries 10 10 10 10
Wiring Harness 20 20 20 20
Telemetry, Tracking,
Command & Control 20 20 20 20
Environmental Control 15 15 15 15
Stage Electrical System 50 50 50 50
Attitude Control 50 50 " 50 - 50
Stage Weight 9,632 8,067 8,457 7,151
Stage Burnout Weight 1,372 1,582 1,866 1,564
Interstage (to lower stage) 700 700 © 700 700
Op = Propellant Fraction
.858 .804 .779 .781
Is sec

335 410 414 468
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Figure 6 shows the performance of the stages of Table 8 when
used on the Titan IIIX(1205)/Centaur. Based on these data, it appears
that the concept of using modified spacééraft orbiter’modules as launch
vehicle stages may have some validity if the spacecraft modu}es use
space storable or deep cryogenic propellants, As might be expected,
the performance of the module-~based stages is less than that of
stage designs intended to be used as stages only.* The potential cost
savings due to dual usage might be sufficient to overcome this reduced
performance and make the system cost-effective.

On the bases of current trends it is anticipated that there
will be strong interaction between launch vehicle, solar electric, and
conventional spacecraft planning., The ability of a solar electric
propulsion system to supply a large percentage of a total mission
energy requirement will obviously have a strong effect on future needs for
launch vehicle upper stages and chemical spacecraft propulsion systems,
Similarly, the degree to which existing and potential upper stages
and chemical spacecraft propulsion can provide an increased mission
capability (even though it may be a lesser capability than might be
provided by solar electric systems) will strongly influence the willingness
of spacecraft designers to risk the use of a new technology such as
solar electric propulsion. Thus, future planning in either area must
include consideration of the effects of possible future developments

in the other,

The Kick stage performance shown in Figure 6 is the same as that
shoun in Reference 22, It is based on Hy-F9 propellants, an assumed
propellant fraction of .85 and a specific impulse of 455 seconds.
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CONCLUSIONS

The previous sections have detailed the need and benefits of
coordinated planning in the area of future launch vehicle and automated
spacecraft propulsion developments, A certain amount of such coordination
already exists. It is recommended that this coordination be enhanced
and that, for this purpose, consideration be given to the establishment
of a working group consisting of representatives of the launch vehicle
planning, spacecraft planning, and propulsion technology groups

within NASA.
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APPENDIX A

SUMMARY OF SPACECRAFT PROPULSION TECHNOLOGY

There is an almost bewildering variety of pfopulsion systems
available or potentially available for spacecraft propulsion applicatioﬁs.
Existing spacecraft propulsion systems already use more different energy
sources and propellants than are used for launch vehicle or primary pro-
pulsion. Figure 1 of the main text suggests the range of application of
some of the various spacecraft propulsion propellants.,

It would be neither possible nor desirable to include detailed
technical discussions of all the various spacecraft propulsion systems
in this Appendix since volumes of information on this subject have already
been published., Instead, an overview of the technology combined with
references to more detailed sources will be offered here.

Following the procedure used in Reference A-1, a distinction
will be maintained between micropropulsion (10-6 to 1.0 1b thrust) and
what will be termed nominal propulsion (thrust>1.0 1lb). As can be noted
from Table 1 of the main text, the primary present applications of micro-
propulsion in automated spacecraft missions are stationkeeping, attitude
control and orbit correction. The nominal systems are applicable to
midcourse corrections, Earth orbit injection, orbiter retropropulsion
and planetary landers. Spacecraft using solar electric primary spacecraft
propulsion systems could have thrustors ranging from ~0.1 to 10 1b
thrust, and could thus fall into either claés.

Figure A-1 (taken from References A-1 to A-4) illustrates some
micropropulsion systems. Some nominal propulsion systems are illustrated
in the Figures of Appendix C.

Some of the various micro and nominal propulsion systems will

now be described briefly.
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SELECTED SYSTEM DESCRIPTIONS

Subliming Solids

This system has many variations (valved or valveless, mono or
bipropellant), one of which is illustrated in Figure A-l1, The basic
principle involved in all the variations is the use of a solid propellant
which sublimes to form a low molecular weight vapor. The vapor pressure
provides the chamber pressurization and the vapor is used as a propellant.
The rate of sublimation (and, thus, the thrust) is controlled by the
thermal ‘input to the solid propellant, Typical thrust levels are
~ 1,0 x 10-5 1b, with a vacuum specific impulse of 60-~70 sec, a system
total impulse to weight* ratio of 60 lb-sec/lb, and a typical total

%ok
impulse of 500 1b—sec.(AF1’A-5)

Vaporizing Liquid

The basic principle for this system is the same as for the
subliming solid. Again, a liquid with a low molecular weight vapor is
required. Because of liquid containment requirements, a separate storage
tank and thrust chamber are required. This extra weight is offset by the
lower (compared to solid propellants) molecular weights of the two most
commonly used propellants (NH3 and HZO). Thrust levels are again “'10"5
1b, at a vacuum ISP of up to 100 sec, a system total impulse to weight
ratio of ~80 lb-sec/lb, and a typical total impulse of 5,000-10,000

lb-sec.(A'l)

* System weight does not include raw power supply (~10 kilowatts/1lb of
%% thrust. ) )
Superscript numbers refer to References shown at end of this Appendix,
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" Cap_Pistol

This system employs a belt fed set of "caps" which are actually
miniature motors, complete with propellant, igniter, and exhaust nozzle,
A single cap is shown in Figure A-1. These caps are fed into a thrustor
housing where they are fired electrically to produce small impulse bits
(typically around .08 1b-sec/bit).(A-4) . The specific impulse is in the
190-210 sec range, with a typical average thrust of ~.,5 1lb, Typical
total impulse to weight ratios are 100 lb-sec/lb at higher total impulse

levels (1,000-3,000 1b-sec), For smaller total impulses, the ratio may

drop to 1-10 1lb~-sec/1b.

Stored Gas

Three types of propulsion systems using stored gas propellants
have been studied., 1In all these systems; the propellants are stored
under high pressure (~300 psia). In cold gas systems, the propellant
is exhausted directly through a nozzle to produce the thrust., 1In a
hot gas system, the gas is heated electrically before being exhausted
through the nozzle., In bipropellant gaseous systems, two gaseous
propellants are used which are burned in a combustion chamber prior

to exhausting. Table A-1l lists the characteristics of stored gas systems.
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Liquid Monopropellant

This system uses the decomposition of the propellant (augmented
by a catalyst) to heat the propellant, Examplés of such systems are
discussed in Appendix C. The predominant propellant is hydrazine GNZHA)’
although hydrogen peroxide (HZOZ) was used in earlier applications., Typical
thrust levels range from 0.1 1b (altitude control) to 50 1b "(midcourse
motors). Hydrazine lander pr0pu1sioﬁ systems with thrust 1évels of 400

(A-6)

to 1000 1b thrust are currently being studied. Tybica1~specific

impulses for HZOZ are 160-165 sec, and 235-245 sec for hydrazine. Typical

total impulse to weight ratios are 120 lb-sec/lb for Héoz and 180 1b~sec/1b
for hydrazine. Typical total impulse levels are 10;000 1b-sec for hydrozen

peroxide and 10,000-60,000 lb-sec for hydrazine.

Earth Storable Liquid Bipropellant

The term Earth storable pfopellants refers to those propellants
that remain liquid at Earth surface temperaturés (See Table A-2). The
most commonly used Earth storables are nitrogen tetroxide (NZO4 or NTO)
and Aerozine 50, a mixture of 50% hydrazine and 50% unsymmetrical dimethyl-
hydrazine (UDMHDo*

Typic;i‘specific iﬁpulses for Earth storables are 310-335 sec.

(See Table Ar3);(AF10) Typical propulsion module weights for Earth storable

propellants are shown in Figure AFZ.(A’ll)

The module weights are presented
as a function of the payload (spacecraft weight), the required AV, and the
module specific impulse. As an example of the use of Figure A-2, consider

the 2 x 20 planetary radii orbit of Venus Shown in Table B-3, The required

* Other common Earth storables are N204-UDMH and inhibited red fuming nitric
acrid (IRFNA)-UDMH,
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TABLE A-3, TYPICAL SPECIFIC IMPULSE VALUES
FOR LIQUID BIPROPELLANTS (A-7-A-10)

Theoretical:
Vacuum IﬁP
Propellant Type Oxidizer ____Fuel (sec)
Earth Storable N204 NZH4 342
A-50 339
Nitric Acid UDMH 320
Space Storable OF2 CHZ 405
B2H6 426
Flox CHZ 418
F2 BZH6 431
NH3 417
Deep Cryogenic FZ H2 473
02 H2 454

* PC = 100 psia, € = 40, shifting equilibrium,

NNTE: Delivered Igp's fall below the theoretical values quoted in this
table, Typical working values would be

Pressure Fed Pump Fed
N20, /A~50 - 300-310 - 310-320
OF,/BpHg - 390-410 - --
Flox/CH, - - - 400-410
0,/Hy - -- - 440-445
Fp/Hy - - - 455-460

All of these values are for near-term technology. By the mid 1980's,
values such as 470 and 490 seconds for HZ/OZ and Hy/F,, respectively,
may be attainable at chamber pressures greater than 100 psia and

expansion ratios greater than 40.
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AV for this mission is 5,400 ft/sec. If the required payload in Venus
orbit were 1000 1b and a 310 sec specific impulse, NTO-Aerozine 50 module
were used, the orbiter propulsion module weight could be caléulated as
follows., The value of AV/IgO is

(5,400 ft/sec) _
(310 sec)(32.2 ft/seg)

«525

From Figure A-2, for a 1000 1b spacecraft, this mission would require a
propulsion module slightly in excess of 1100 1b,

It should be noted that the data of Figure B-2 are based on
the module being used for Earth orbital or inner planetary missions,
Missions to the outer planets would require increased module insulation
and thermal control (resulting in heavier modules than indicated by the

Figure) to prevent propellant freezing.

Space Storable Liquid Bipropellant

Space storable, as used here, applies to propellants that
remain liquid between roughtly 100 to 400°R* (See Table A-2), The
interest in these propellants results from the facts that their per-
formance is nearly that of the deep cryogenics while their bulk densities
are nearly as high as the Earth storables, and that required storage

temperatures can be provided passively in near-Earth space,

* i.e., mild cryogenics.
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This is a current intensive NASA OART program for:aeveloping
the technology of space storable prOpellants.(A‘lz) Thé program is
concentrating on two space storable combinations--OFZ/diborane (BZH6)
and Flox (fluorine and oxygen mixture)/methane (CH4)° The OFy/diborane
work is being conducted primarily through JPL, while the Flox/methane
work is concentrated at the Lewis Research Center.

Typical specific impulses for space storables are 400-430 sec.
Typical propulsion module weights for space storables are shown in Figure
Ar3.(AF11) This Figure is analogous to Figure A-2, and is used in the
same manner as Figure A-2 was in the example of the previous discussion,

The data of Figure A-3 are based on the module being used for
outer planetary missions (i.e., Mars and beyond). Earth orbital or

inner planetary missions would require increased insulation and thermal

control (and thus increased module weights) to prevent excessive boiloff,

Deep-Cryogenic Liquid Bipropellants

Deep cryogenic propellants, as used here, refer to those
propellant combinations employing liquid hydrogen. The two most common
combinations are hydrogen-oxygen and hydrogen-fluorine,

Deep cryogenics were not previously regarded as good candidates
for spacecraft propulsion applications due to the difficulty of storing
the liquid hydrogen. ﬁecent advances in superinsulation and other storage
methods have changed this outlook. With improved insulation capability,

the inherently high performance of deep cryogenics (ISP'S of 440-470 secs)

has tended to overcome the hydrogen storage problems and make the deep
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cryogenics, particularly hydrogen/fluorine, more competitive. For example,

in Reference A-13, the initial design studies showed that hydrogen/fluorine

resulted in the lowest module weights for the Mars orbiter missions.
Figure A-4 shows typical propulsion module weights for hydrogen/

fluorine propellants., The Figure is analogous to Figure A-2, and is to

be used in the same manner as Figure A-2 was in the example given in the

Earth storable propellants section, The data of Figure A-4 are based on

the module being used for outer planetary missions (Mars and beyond).

Solid Propellant

Solid propellant systems are of interest for spacecraft propulsion
applications because of their high propellant densities and good storability.
These advantages are counterbalanced by the generally low specific impulses
available and by problems encountered in applications requiring precise
or repeated energy management,

There is a wide variety of solid propellant combinations available.
The general ISP range of conventional propellants is 260-290 sec although
there is a series of high energy propellants being developed with ISP'S up
to 320 sec. Typical solid propellant module weights are shown in Figure
A-5, The Figure is analogous to Figure A-2 and is used in the same manmner
as Figure A-2 was in the example shown in the Earth storable propellant
section. These modules can be used for outer and inner planetary missious,
although they are more commonly restricted to Earth orbital missions, par-

ticularly apogee kick motors.
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1. Recommended for planetary missions

2, Electrical power, guidance and control
electronics and telemetry systems are
assumed to be included in spacecraft
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The data in Figure A-4 are generalized and refer to properties
of modules that could be developed. In the case of solid propellant motors,
a series of motors have already been developed and used, Table A-4 (taken
from Reference A-14) gives the properties (thrust, total impulse, weight,

etc,) of some of these motors,

Hybrid Propellants

Hybrid propélsion systems use a thrust chamber in which a solid
and a liquid propellant are burned. The most common combination is a
liquid oxidizer (e.ge, Floxz N204, NZHh> and a solid fuel (e.g., HFX).
Although very high specific impulses are theoretically attainable through
the use of high energy oxidizers and fuels (e.g., 498 sec for Hy05/BeHs),
most hybrid studies to date have concentrated on less energetic combinations
(ISP's from 280-380 sec), emphasizing instead the operational advantages
of such systems (e.g., restartability, precise impulse contfol, throttling
capability). The usual practice for hybrid systems is to cast the solid
fuel in the combustion chamber, and store the liquid oxidizer in a separate
tank, The liquid is then injected into the combustion chamber as required.
Because of the greater complexity of hybrids compared to solid propellant
motors, the hybrids generally have poorer propellant fractions.® Table
A-5 1ists.typical propellant fractions for propulsion systems using some

form of solid propellants,

% Propellant fraction = propellant weight/propulsion system weight.
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TABLE A-4, PROPERTIES OF SOME EXISTING SOLID PROPELLANT MOTORS
Case Total Average Maximum Total
Diameter Impulse Thrust Pressure Expansion Weight
Motor (in.) Propellant (lbf-sec) (1b£) (psi) Ratio (1bs) Application
TE-M385 12.8 TP-L-3014A 14,000 2,150 865 23.0 69.2 Gemini R/A
TE-M-345 13.5 TP-G-3129 18,200 838 607 30.0 8l.4 Titan II
TE-M=-345-11 13.5 TP-G-3129 17,652 841 607 22,8 79.2 Hitchhiker
TE~M-~375 13.5 TP-G-3129 17,300 176 565 60.0 76.0 SynCom 1
TE-M-427 13.5 TP-H-3109 17,875 1,066 620 48,2 77.8 --
TE-M-444 13.5 TP-H-3062 21,200 1,370 965 56.0 88.3 --
TE-M-458 13.5 TP-G-3129 18,780 841 560 43.3 80.2 AIMP
TE-M~456-2 15.0 TP~L~3098 24,500 5,000 580 8.0 107.5 Trailblazer
TE-M=-479 17.4 TP-H-3062 44,500 2,290 840 58.4 175.4 RAE
TE-M-184-3 25,06 TP-H-3034 129,800 7,600 585 13.8 514.9 Cygnusg
TE<M~442 26,0 TP-H-3114 140,000 6,420 785 18.7 602,7 .-
TE-M-~364 37.0 TP-1L-3062 347,130 8,376 570 53.0 1,315.3 Surveyor
TE-M-364-1 37.0 TP-H-3062 357,000 8,930 561 53.0 1,338.6 Surveyor
TE-M-364-2 37.0 TP-1-3062 402,000 9,248 600 53.2 1,532.6 Burner IT
TE~M=364-3 37.0 TP~H~3062 415,440 8,945 613 53.0 1,580.1 Improved Delta
TE~M~364-5 37.0 TP-H-3062 377,000 8,950 576 53.2 1,435.5 Surveyor
TE-M-186-2 40,1 TP-H-3034 443,000 16,800 727 12.8 2,159.8 Cygnus
TE-M~521 17.4 TP~H-3062 71,500 3,850 ° 850 57.9 273.3 IDcs
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TABLE A-5, PROPELLANT FRACTIONS FOR PROPULSION
SYSTEMS USING SOLID PROPELLANTS (A-15)

Propulsion System Type Typical Range of Propellant Fractions®

A1l Solid .86-.88 at W, = 200 1b**
_.88-,90 at W, = 1000 1b

“~:.90-.92 at WP_= 10000 1b_
Hybrid .81-.85 at W, = 200 1b
-84~,87 at Wy = 1000 1b

..87-.59 at W, = 10000 1b
Liquid Augmented Solid .83-.86 at W, = 200 1b
.86-.88 at W, = 1000 1b

© .89-.90 at W, = 10000 1b

* Propellant fraction = Weight of Propellant/Propulsion System Weight
F% WP = Propellant Weight o

Liquid Augmented Solids

Liquid augmented solid propellant propulsion systems are a
.result of an attempt to retain the desirable features of both hybrid and
solid propellant systems. 1In a liquid augmented system, a small amount
of liquid propellant (usually an oxidizer) is injected into the combustion
chamber of a solid propellant to serve as a control agent. The solid
propellant is designed so that combustion cannot be sustained without

liquid augmentation. Thus, the liquid injection can be used to control
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the restart, total impulse, and throttling of the solid propellant motor.
The 1iquid propellant requires a separate tankege system, However, the
total amount of 1iquid propellant is psually small (a few percent of the
solid propellant weight), so that propellant fractions nea?ly equal to
those of solid propellant motors are possible (See Table A-5). Specific
impulses naturallyffend to be nearly those of solid efopellants (although
the use of high energy liquid oxidizers such as fluorine can result in

ISP's around 330-340 sec).

Electro-Chemical

The primary current example of an electrocheﬁical system is
the electrolysis rocke;. In its most common form (called the "Weter
rocket'), electrical energy is used to reduce water to gaseous hydrogen
and oxygee which are subsequently ignited by a spark and burned in a
conventional thrust chamber when deeired. The system has high performanee
(ISP'S of 350-475 sec) and good propellant bulk density, but does reqeire
an electrical power supply (~7 watt hours per lb-sec of impulse), For
this reason,-the electrolysis rocket is not competitive with conventional
chemical propulsion‘systems at high thrusts and large totel impulses;
The system is probably most applicable where total impulses up to 100

lb-sec and thrusts in the 0,.,1-3.0 1lb range are required.
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- Solar Electric Propulsion

Solér electric pfoﬁﬁlsidn syséeﬁs use arrayé of silicon sélar ‘
ceils:to geﬁerate elécttical pdwer whiéh is used to opérate a thrustor.
There aré a great vafiety 6f thrdstors\thét have'Béenior éfe géing studied.
Bésiéélly, all of thése afteﬁpt to usé’thé electrical energy to heat a
propéllant or to generate elédtfic and magnetic fields which can accelérate
a conductive or chérged prbpeilant.

A wide range of specific impulses are available, fanging from
100-800 sec for resistojets, 500-1500Msec«for thermal arc jets, 1000-4000
for plasma engines, 2000-10,000 or greater for ion engines. Systems can
be désigned with thruéts fanging froﬁ a.féw micfopoundsrto several pounds.
System specific Weights vary with syétem éize. For those systems intend;d
for primary spécecraft propulsion (é.g., systems like those 1isted‘in
Table 6 of the maiﬁ text), the power generatidﬁ and conversion weights
‘dominate the‘sysfem weights, and specific weights of the order of lO3 1b
per bound’of thrust are typical. ”For smaller systems, sﬁeéific weights
tend to be higher (2 X 105ktd 4 x 105 1b per pound of thruét). The power
syétém may be shared with otﬁer systeﬁé, so that power consumptions of
10-25 kw/lbﬂof thrust are typical'for small systéms}

| ?Sihce some of the>major differences betwéen possible solar
electric propulsion systems ;tem from differences in £he basic nafuré
of the thrustors used, a short description of the major thrustor types

will be given., The most highly developed thrustor system is the ion
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engine, one of which is shown in Figure A-1. Although collective phenomena
do exist and influence the performance of the ion engine, the basic principle
is the generation of individual ions and their acceleration by an electric
field. A variation on this system is the charged droplet thrustor (also
shown in Figure A-1). Here the accelerated particles are charged liquid
droplets rather than ions., The droplets are produced by electrostatically
spraying a liquid (usually glycerol).

Plasma engines are based on the mechanism of a bulk or body
force (the Lorentz or JX3B force) distributed over the working f£luid.,
The propellant is an easily ionized gas with a low molecular weight
(e.g., argon). MPD (magneto-plasma-dynamic) engines are the most
complicated and least understood of all the electric thrustors. Here, -
an electric arc is used to heat and ionize the working fluid (normally,
hydrogen or ammonia). The fluid is then accelerated by a combination
of pressure and magnetic forces.

In the thermal arc jet, an electric arc is used to heat the -
propellant (also normally H2 or NHZ) which is then accelerated through
a conventional nozzle. The resistojet is similar, the arc being

replaced by electrically heated resistors or thermal storage elements.

General Discussion

There are two general sources of more detailed information on
spacecraft propulsion technology that are highly recommended. First,
for micropropulsion, Reference A-1 is a survey article published 3 years

ago that dicusses most of the significant micropropulsion concepts
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and has a lengthy list of further references. For larger chemical (liquid
monopropellant, liquid bipropellant, solid propellant, and hybrid)
spacecraft propulsion systems, Reference A-15 is a five-volume Summary
published in 1968, These volumes, prepared under NASA OART sponsorship,
are the most complete and authoritative surveys in the field,

In addition to these surveys,:information on some current NASA
research on large chemical spacecraft propulsion systems has been
collected, (A~16) Table A-6 summarizes this work by technical areas.

A few comments concerning requirements for the introduction of
new spacec .ft propulsion systems needs to be made. There are, at this -~
time, a family of existing, flight proven propulsion systems to perform -
most of the tasks listed in Table 1 of the main text. - In general, these
systems can be characterized as relatively simple, highly reliable and
of low-to-medium performance. Higher performance:alternatives to these
systems have been suggested or studied, In general, however, spacecraft
designers have been reluctant to incorporate such systems in their missionms.
Their attitude has been that they are not willing to risk reducing the
reliability of their spacecraft by the introduction of a new propulsion
subsystem unless a significant overall mission advantage could be demon-
strated for the new subsystem. The term '"overall mission advantage" is
the key here., Development and use of new spacecraft propulsion techniques
have sometimes been advocated on the basis of propulsion subsystem performance
calculations alone, when what is actually required is to relate subsystem

performance to overall mission effectiveness,
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There is, at present, an increaéing conviction among some
spacecraft propuision system developers that working relations can be
four? and used which would allow propulsion subsystem reduirements and
design decisions to be related to overall mission effectiveness. In
this respect, the aircraft industry has, :;.n severél instances (e.g;, on
the 747 program), been able to derive guidelines for subsystem designers
which allow these designers to relate specific design choices to overall
vehicle cost-effectiveness., A methodology for dériving similar guidelines
for spacecraft propulsion systems was proposed iﬁ Reference A-15. Although
the approach is not yet demonstrated, it is of sufficient importance
to warrant considerable future examination,

Some comments regarding the subject of propellant toxicity
need to be made at this point. Most of the propellants shown in Table
OF

A-2 are toxic (specifically, N Flox, BZHG’ IRFNA, MMH,

2% OFp> By
UDMH and NHB)' Because of the high toxicity of fluorine-based propellants

and B2H6’ special handling procedures and perhaps special launch restrictions

will be required during the use of these propellants.
The technical problem of propellant héndling appears to be
manageable, N204 has been launched from the ETR in large quantities in

the Titan. The more toxic propellants such as OF F2 and B H6>also appear

2° 2
to be technically manageable through the use of remote loading and no-vent,

on-site storage methods.(A—17)
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The greatest unknown in this area is, thus, the possible launch
restrictions that may be placed on such vehicles by the range safety
requirements. There are, at present, a number of studies being conducted
in this area, The possible restrictions depend upon the toxicity of the
propellant. A large amount of work has been conducted on LF2 toxicity.
Recent studies indicate that the traditional allowable levels in parts
per million might be conservative by about a factor of 10, and that there

(A-18) The

are both total dosage and dose rate limits with fluorine.
general feeling is that fluorine toxicity is becoming fairly well
understood, The same does not hold true for some of the other propellants
such as OF2 and B2H6' OF2 is particularly troublesome since it is much
harder to detect than F2.

Once the toxicity is established, it is necessary to relate
this information to estimates of potential hazards to flight and civilian
personnel from accidental spills or vents. This requires the formulation
of models of likely meteorological conditions and propellant reactions with
the surrounding environment. Much work remains to be done in this area.

In sﬁmmary, the question of possible launch constraints imposed
by the use of toxic spacecraft propellants is still unsettled. Although
there are some proposed studies (e.g., the upcoming JPL-KSFC joint study
(A-19)

of the use of an OFz-BZH6 module at EIR)

work remains to be accomplished before this question is satisfactorily

which should help, much

answered,
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A final word needs to be added on a requirement unique to
planetary orbiters and landers. Current NASA specifications call for
planetary missions to keep the probability of contaminating the planet
with Earth organisms less than 10-3.(A_20) A typical past procedure
was to sterilize the entire spacecraft prior to launch by exposure to
a 135°C temperature dry heat enviromment. Such treatments place the
spacecraft propulsion system under stresses not normally encountered
during operation* and require consideration during the initial design

period.

* There are indications that some of the early failures on the Rapger
series may have been induced by the sterilization process.



(A-1)

(A-2)

(A-3)

(A-4)

(A-5)

(A-6)

(A-7)

(A-8)

(A-9)

(A-10)

(A-11)

(A-12)

A-31.
APPENDIX A
REFERENCES

Sutherland, G. S, and Maes, M. E., "A Review of Microrocket
Technology: 10'6 to 1 1bf Thrust!", Journal of Spacecraft
and Rockets, Vol. 3, No. 8, August 1966, pp 1153-1165.

Isley, W. C. and Mickelsen, W. R., "Electric Microthrustors
Make It", Astronautics and Aeronautlcs, June, 1968, pp 54-61.

Eggers, R. F. "Microthrust Monopropellant Hydraz1ne Propulsion
System Technology", ATAA Paper Nr.68-556, Presented at

ATAA 4th Propulsion Joint Specialist Conference, Cleveland Ohio,
June 10-14, 1968,

"Application of the Cap Pistol Concept to the Spin Stabilization
Requirements of the TIROS Vehicle'", Curtiss-Wright Corporatlon,
NASA Contract NAS5-3586, January, 1966.

Burstein, A, and Dicristina, H., "Position and Orientation .
Propulsion Systems for Unmanned Vehicles', IAF Paper No. P37,
Presented at 19th Congress of the Internatlonal Astronautlcal
Federation, New York, October 13-19, 1968.

Edgecombe, D, S., "Thrust Level of JPL Monopropellant Motor",
BMI-NLVP-ICM-68-135, August 16, 1968.

Sutton, G. P., "Rocket Propulsion Elements", Second Edition,
John Wiley and Sons, New York, 1956, '

Koelle, H. H., "Handbook of Astronautical Engineering",
McGraw-Hill, 1961, pp 20-21.

Johnson, V. L. and Davis, B. W., '"Present Needs, Capabilities,
and Future Prospects in Rocket Technology for Space Research',
Space Science Reviews, Vol. 8, 1968, pp 139-213.

""NASA Chemical Propellant Property Charts'", NASA RP67-15838
through 15840, dated February 2, 1967.

"Launch Vehicle Estimating Factors" Launch Vehicle and Propulsion
Programs, Office of Space Science and Applications, National
Aeronautics and Space Administration, January, 1969.

Stephenson, F. W., "A Survey of NASA/OART Storable Propulsion
Programs', ATIAA Paper No, 68-613, June, 1968.



(A-13)

(A-14)

(A-15)

(A-16)

(A-17)

(A-18)

(A-19)

(A-20)

A-32"
APPENDIX A

REFERENCES
(Continued)

"ProPellant‘Selection for Spacecraft Propulsion Systems"
NSSA Contract NASw-1644, Quarterly Status Report, July 5-
October 6, 1967, Lockheed Missiles and Space Company.

Andrews, W. G., Reed, D. R., and Dougherty, L. S., "Spherical
Rocket Motors for Space and Upper Stage Propulsion", IAF Paper
No. P24, October, 1968. :

Jennings, C, N., "Design Criteria for Spacecraft Propulsion
Systems" (in five Volumes), Aerojet General Corporation,
NASA Contract NAS7-519, Report No. 1069 FR-1, October, 1967.

NASA Media Report No., 68- 076 "OQART Research on Space Propulsion',
January, 1969, B '

"Propellant Selection for Spacecraft Propulsion Systems',
NASA Contract NASw-1644, Final Presentation, July 31, 1968.

Keplinger, M. L., "Report of Toxic Effects of Fluorine
Following Short-Term Inhalation', NASA NGR10-007-012,
University of Miami, Florida, December 31, 1968,

Davis, B, W., "Visit to JPL, March 5-7,1969", BMI-NLVP-MM-69-8,
March 28, 1969. .

Lukens, S. C., "Sterilizable Liquid Propulsion System", AIAA
Paper No, 68-631, June 1968.



APPENDIX B

SUMMARY OF SPACECRAFT PROPULSION APPLICATIONS




APPENDIX B

SUMMARY OF SPACECRAFT PROPULSION APPLICATIONS

Table 1 of the main body of this report summarizes common
automated spacecraft propulsion applications and their associated total
impulse or velocity increment requirements. This appendix contains a
more detailed discussion of these requirements, The applications Will

be discussed in the order shown in Table 1.

Stationkeeping

Stationkeeping refers to the maintenance of the spacecraft
in some desired Earth orbit. A common case is the maintenance of a
geostationary longitudinal position for synchronous (equatorial or
other) spacecraft.

A synchronous spacecraft inevitably has some drift rate
relative to the desired geostationary longitude. This drift results
from a variety of perturbative forces and from inability to establish
the precise synchronous altitude and velocity. Limitations in ability

to measure spacecraft velocity precisely and in ability to deliver precise

velocity corrections, and the continuous presence of small Lunar, Solar,
and noncentral geopotential disturbing forces insure that these drifts
will persist.

" Normal operating procedures for synchronous spacecraft (for’

B-1)% . .

example, the Syncom system ) are to accept the existence of drifts
and minimize (or in some instances, utilize) their effect. During the
initial positioning of the spacecraft, restrictions on the initial
injection longitude resulting from launch vehicle constraints (such as

limited coast capability) can be overcome by placing the spacecraft in

* .
Superscript numbers refer to References shown at end of this Appendix.
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a near synchronous orbit at a longitude other than the desired and allowing
the spacecraft to drift to the desired longitude. Once the desired longitude
is reached, the drift velocity is reduced as much as possible. Subsequent
drift is usually small and is allowed to persist until thé spacecraft has
wandered several nautical miles from the desired position. A new velocity
correction is then applied to reverse the direction of the drift. The net
result is that the spacecraft slowly wanders in the near vicinity of the
desired geostationary position.

The required AV capability for this east-west stationkeeping
depends upon a number of factors such as the required spacecraft lifetime,
the accuracy of the tracking equipment, and the accuracy and reproducibility
of the stationkeeping propulsion system corrections. Experience with the

Syncom system indicates a nominal value of 10 ft/sec per year.(B-l)

In addition to east-west stationkeeping, there may be a require-
ment for north-south adjustments. In this case, the orbital element being
adjusted is the inclination, whereas in the east-west case the period
(semimajor axis) is adjusted. The required velocity increments in the
north-south case can be shown to be proportional to Ai, the incremental

change in the inclination, while the AV's for the east-west case can be

shown to be proportional to Aa/a (a = semimajor axis). In general, the
required corrections are such that Ai term is numerically much larger
than the Aa/a term. As a result, the total AV per year for north-south
stationkeeping is considerably higher. For the Syncom spacecraft, the

requirement was estimated at ~175 ft/sec per year.
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Attitude Control

After injection by the launch vehicle, a spacéé?éft'would
normally be expected to have some residual angular rotational rates.

In addition, the spacecraft in cruise or operational condition would be
expected to experience perturbing torques due to imbalance in the solar
pressure, micrometeroid impact, etc., As a result, the spacecraft, if
left to itself, would tumble., For certain functions, such as antenna
pointing and solar panel orientation, a continuously wvarying attitude
is unacceptable, and some sort of attitude control is required. This
control may be nonpropulsive, such as with gravity gradient, spin, or
solar paddle stabilization. Where such measures are not possible or
not adequate, propulsive attitude control may be required.

The procedure adopted for propulsive attitude control is
similar to that used for stationkeeping. The angular orientation is
allowed to drift within the specified angular limits (normally a few
tenths of a degree) §bout the nominal pointing direction. This direction
may be fixed in space, such as the direction to a reference star, such as
Canopus, or varying, such as the direction from the spacecraft to Earth
or Sun. Once any of the angular limits is.exceeded, a corrective torque
is applied to reverse the angular drift rate. Thus, the spacecraft
undergoes an oscillatory motion within the angular deadband.

The amount of corrective torque required depends upon such
considerations as the specified angular limits, the mass moments of
inertia of the spacecraft, the amount of perturbing torque (which is

influenced by such factors as the net distribution of the spacecraft
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surfaces and their reflective and radiative properties), and the number
of required attitude maneuvers or reference acquisitions. Table B-1 shows

some typical attitude control gas requirements for past spacecraft missions.

Earth Orbit Injection

This term refers to applications where the spacecraft carries
a propulsion unit to provide the AV to place the spacecraft in its final
Earth orbit. Examples of this application can bebféun& with many oper-
ational spacecréft including Syncom I and II, and Exploref I.

The AV requirements for final injection depend, of course,

upon the final and transfer orbit. There are so many ways of attaining

a final orbit that no completely general rules can be stated, waevef,
some common cases occur with sufficient frequency to warrant quoting.

For synchronous orbit out of ETR, the AV for circularization at the

apogee of the transfer orbit is ~4800 ft/sec if the transfer orbit is

for a 100 n., mi. parking orbit. The normal AV for combined circularization
and plane change at the apogee of the transfer orbit for synchronous

equatorial missions out of the ETR is approximately 6000 ft/sec.

Figures B-1 and B-2, taken from References B-5 and B-6,
provide a means of obtaining AV's for certain common cases of interest,*
Figure B-1 gives the AV required to establish a desired final orbit when
the injection takes place at the apogee of the transfer ellipse from 100

n. mi. For example, if the desired final orbit is 400 x 1000 n. mi., the

% Data are based on an assumption of impulsive velocity change, and should
be used only for cases where the vehicle thrust to weight ratio is
sufficiently large (say>0.l) that this is a reasonable assumption.
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TABLE B-1. TYPICAL ATTITUDE CONTROL GAS REQUIREMENTS
FOR PAST SPACECRAFT(B-2 to B-4)

‘Estimated Total

Control Gas Use Rate* Total Gas Carried* Impulse Capability
Spacecraft (1b/day) (1b) (1b-sec)
Mariner IV 3-4 X 107> 5.25 394
Ranger VII 5% 1072 424 318
Surveyor I 2 x 107! 4,49 337

* Total for all gas jets.

desired procedure would be to inject the spacecraft into a 100 x 1000
n, mi. orbit (transferring to the final apogee first results in lower
total velocity requirements). Then, using the 1000 n. mi. line on the
lower scale, the AV to raise the final apsis altitude (in this case the
perigee) to 400 n, mi. is approximately 500 ft/sec.

Figure B-1 can also be used to find the AV's for injecting
the spacecraft into orbit from a 100 n., mi. parking orbit. In this
case, the apogee altitude of the intial transfer orbit is 100 n. mi.,
and the left hand edge of the figure only is used., For example, the
AV to transfer from a 100 n. mi. parking orbit to a 100 x 1000 n, mi.
final orbit is found by using the 100 n. mi. line on the lower scale
and finding the point where the final apsis altitude (in this case the

final apogee equals 1000 n. mi.). The AV is then 1400 ft/sec.
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Figure B-2 gives the required additional AV for plame changes
in establishing circular orbits.* These data are based on the assumption
that the spacecraft is either already in a circular orbit 'at 100 n. mi.
altitude (in which case B-2 gives the required spacecraft injection motor
AV) or that the plane change occurs simultaneously with the circularization
(in which case the required AV is the sum of those given by Figures B-1
and B-2). For example, if the spacecraft were in a 100 n. mi. circular
orbit of 30° inclination, then a AV of 1320 ft/sec would be required to
place it in a 100 n. mi. circular orbit of 0 or 60° inclination.

As a further example, consider a spacecraft in a 100 x 600
n. mi. orbit of 30° inclination. If it is desired to inject the space-
craft into a 600 n. mi. circular orbit of 0° inclination, the required
spacecraft AV can be found as follows. From Figure B-l, the velocity
increment for circularization of a 100 x 600 n. mi. orbit at the apogee
is ~800 ft/sec. From Figure B-2, the required additional velocity
increment for a 30° plane change at 600 n. mi. is 1180 ft/sec. Therefore,

the required spacecraft AV is 1980 ft/sec.

Orbit Correction

Orbit correction refers to applications where the spacecraft
is in a generally satisfactory orbit that must be modified somewhat to
conduct the required mission. Examples can be found from past spacecraft
missions. The Syncom II injection motor placed the spacecraft into an

orbit that was nearly synchronous but with an undesirable drift rate,

* Reference B-5 contains other data for more generalized orbital
maneuvers.,
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To correct this, a AV of 109.8 ft/sec was applied to establish the desired
drift rate. The propulsion system on the Lunar Orbiter initially placed

it in a lunar orbit with a 200 km perilune. Prior to initiaring the
photographic mission, the perilune was reduced to 40 km with a AV of 40.2
m/sec. Seven days later, this orbit was further adjusted by the application

of a 5.4 m/sec AV.(B-7’8)

As illustrated in these examples, most orbit
corrections involve small AV's (100 ft/sec or less).

Two concepts involving repeated orbit corrections have been
proposed in recent years, One is the so-called "yo-yo" spacecraft
which involves multiple orbit transfers to perform investigations over
a range of orbits with various perigees and apogees. The other is a
low-perigee spacecraft where the spacecraft lifetime is extended by
applying repeated corrective AV's to cancel the rate of apogee decay
due to atmospheric drag. The required AV per orbit for these applications
would also be low. Total AV requirements over an extended time period
could be fairly high, however.

It should be noted that, in general, orbit transfers require
fairly high thrust levels., Orbit corrections of the type discussed

here could reasonably use low thrust propulsion units operated either

intermittently or--as in the last example--continuously.
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Midcourse Correction

One or more small midcourse velocity corrections are normally
required to reduce target arrival errors introduced by guidance system
errors and off-nominal launch vehicle propulsion system performance on
planetary and luﬁar missions. The magnitude of the required AV is a
function of both the nominal mission trajectory (which determines the
manner in which initial errors are propagated into terminal errors) and
the launch vehicle guidance and propulsion system performance.(B-g)
Because of the random nature of the variations in the performance of
these systems, the AV requirements can only be given statistically
(i.e., in terms of an expected mean value and variance). Statistically,
there is a chance that the AV requirement may be large or quite small,
For this reason, midcourse propulsion systems must be designed under
different groundrules than most other propulsion systems. The minimum
deliverable impulse (or AV increment) is a matter of concern, and is
generally designed to be relatively small to increase the probability
of satisfying a small AV requirement. For example, the Mariner IV
midcourse motor could provide a minimum AV of ~1.5 ft/sec. Similarly,
an excess of propellant over that required to provide the expected mean
correction is carried to increase the probability of satisfying a large
AV requirement. This point is illustrated in Table B-2, which gives

midcourse AV's for some past missions which may be considered typical.
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Orbiter Retropropulsion

The required AV for lunar and planetary orbiter retropropulsion
depends upon the relative approach velocity at the planet (or Moon) and
the periapse and eccentricity of the final orbit. Figures B-3 through
B-11 allow the calculation of the required AV for planetary and lunar
orbiters. The AV's can be calculated as follows: Figures B-3 through
B-9 give the approach velocity relative to the target body. For Mercury,
only the minimum approach velocity for each year (there are an average
of about three opportunities per year) are shown since the required
retro AV's become excessive for the other opportunities. For Mars, Venus,
Jupiter, Saturn and Uranus, the approach velocities corresponding to the
minimum launch velocity and launches at the extremes of a 30 day opportunity
width are shown for various years and flight times. For Neptune, the approach
velocities are given as a function of flight time alone since they vary little
with opportunity during the next two decades. For lunar missions, equivalent
approach velocity at the Moon is shown in Figure B-9 as a function of trip
time for the Moon at perigee and apogee. In general, the approach velocities
will lie between these curves,

Knowing the approach velocity, the required retro AV can be found
once the desired orbit periapse and apoapse are chosen.* Figure B-10 gives
the escape velocity at periapse as a function of periapse radius for the
planets and the Moon. The ratio of the approach velocity to the escape
velocity is then computed and used to enter Figures B-1l or B-12 to find
the ratio of the required retro AV to the escape velocity at periapse.

Since the escape velocity at periapse was previously determined, the retro

AV is thus known,

* For the data given here, the lunar apoapse should not exceed 22 lunar radii.
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Retro Impulse
Escape Velocity at Periapsis
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For example, for a 1975 Venus orbiter, the approach velocity,
from Figure B-4, is 14,700 ft/sec for a 30 day opportunity width. Let
the orbit of interest be circular at 2 planetary radii (altitude = 1 radius),
from Figure B-10, for a periapse of 2.0, the escape velocity for Venus is
seen to be 24,000 ft/sec. Thus, the ratio of approach velocity to escape
velocity at periapse is 14,700/24,000 = .613. Using this value to enter
Figure B-12, the value of the ratio of the retro impulse to escape velocity
at periapsis for the circular orbit curve is seen to be .47. Thus, the
required retro AV is given by (.47)(24,000) = 11,300 ft/sec. Table B-3
presents some additional AV's for other planets and the Moon. As can be
seen, the retro AV's for close or loose orbiters of Mercury and Neptune
and close orbiters of Jupiter, Saturn and Uranus are large. It should
also be noted that the choice of orbit has only a small effect for the
smaller planets such as Mercury or Mars, but has a significant effect
for the major planets of Jupiter, Saturn, and Uranus. In any case where
the retro AV is 20,000 ft/sec or greater, a multistage retropropulsion

system would probably be required.

Planetary Landers

An estimate of the AV requirements for direct planetary or
lunar soft landers (final relative velocity ~0) can be obtained from
Figures B-3 through B-10. The required velocity increment is given

by the expression

2 2
= v +V
AVLand er v esc apr
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where

AV is the required AV, assuming that it
lander | X X . .
is applied impulsively at landing,

Vesc is the escape velocity at the surface
of the planet, and

Va r is the~approac¥ velocity relative
P to the planet,

For any given planet V at the surféce can be found by reading the

esc
extreﬁe left hand values of the curves in Figure B-10. The approach
velocity at the planet can be found from Figures B-3 through B-9.

As an example, consider a direct Venus lander in 1973. For'
Venus the escape velocity at the surface is, from Figure B-10, 34,000
ft/sec. From Figure B-4, the approach velocity for the 1973 opportﬁnity

is 11,700 ft/sec for a 30-day opportunity. Thus, the required AV for

a direct lander is

AV = ‘\/(34,000)2 + (11,700)2
= 36,000 ft/sec
For a direct lunar lander with a 3-day flight time, the
approach velocity for the Moon at perigee (from Figure B-9) is 3,275 ft/sec.
The escape velocity at the lunar surface (from Figure B-10) is 7,900 ft/sec.

Therefore, the estimated AV for the lander is

-\/3,2752 + 7,900°

= 8,560 ft/sec.

AV

The velocity increment required for an indirect lander--i,e.,
a lander module ejected from a spacecraft orbiting the target body--is
not as straightforward. The required AV depends upon such factors as

the initial orbital radius, the amount of planetary atmosphere, the

% Or, more conventionally, V.
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aerodynamic design of the lander, etc. An estimate of the upper and

lower bounds of the required AV is possible, however, Figure B-13 contains
two such estimates., The upper curﬁe, labeled "all propuléion", is based
on the assumption that the planetary atmosphere is negligible aﬁd that
virtually all of the retro AV would have to be provided by a lander
propulsion system, The assumed flight pafh‘consists of a small initial

AV to place the lander in a Hohmann transfer between the iniﬁial planetary
orbit (assumed circular) and the planetary surface, and a large AV at the
planetary surface to cancel the lander velocity and allow a softnlanding.
Planetary rotation has been neglected. The second curve, labeled
"aerodynamic", is based on the assumption thét the planetary atmosphere

is sufficient to allow aerodynamic deceleration (e.g., drag plus parachute)
of the lander. Iﬁ this case, the AV given is the increment required to
transfer from the initial orbit‘(again assumed circular) to a transfer
orbit resulting in planetary atmosphere entry., The required AV is assumed
to be roughly the same as the initial AV of the all propulsive case,

For most landers of likely interest, ﬁﬁe actual AV will probably
lie somewhere between these two limits., The curves shown should bound the
problem, however.

As an example of their use, consider the two circular orbits
of Venus and Mercury listed in Table B-3, For Mercury, whatever atmosphere
may be present will not likely be of much use for lander deceleration,
Therefore, the upper curve of Figure B-13 is used here. The circular
orbit shown in Table B-3 has a radius of 2 planetary radii., Therefore,

the ratio of the initial orbital radius to the planetary radius (which is
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the quantity R shown in Figure B-13 is 2.0, From Figure B-13, for R =2.0,
the all propulsion case gives a AV/VIC»of 1.9, VIC is the velocity in the
initial circular orbit. This can be found from Figure B-10, For Mercury,
the escape velocity at 2 planetary radii is ~9800 ft/sec. The circular
orbital velocity at any radius can be found by dividing the escape velocity

at that radius by <\/2. Thus, V.= 9800/\[2 = 6940 ft/sec. Thus, the estimated

total lander AV for the Mercury lander is

AVLander

(AV/VIC ) VIG

(1.9) (6940) = 13,180 ft/sec.
For Venus, the planetary atmosphere probably allows aerodynamic
deceleration--therefore, the lower curve will be used here., For an

orbital radius of 2 planetary radii (R = 2.0), [V, = .185,

IC

For Venus, the escape velocity at 2 planetary radii is (from Figure B-10)

Vv
Lander

24,000 ft/sec. Therefore, V., = 24,000/\[2 = 17,050, Thus, AV

Ic Lander =

(.185)(17,050) = 3,150 ft/sec.
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APPENDIX C

DETAILS OF SOME EXISTING SPACECRAFT
PROPULSION SYSTEMS

This appendix illustrates some of the spacecraft propulsion
system applications discussed in the previous appendix with examples
from operational spacecraft, Systems are discussed which perform the
following roles: east-west stationkeeping, attitude control, orbit

correction, Earth orbit injection, midcourse correction, orbiter

retropropulsion and direct planetary (lunar) lander.

East-West Stationkeeping

Figure C-1 (taken from Reference C-l)*shows a cutaway view
of a Syncom spacecraft. The manner in which the Syncom was maintained
in its geostationary position is discussed in Appendix B. The required
AV's were provided by the lateral or axial jets shown in the cutaway.

The jets used NZ or HZOZ as propellants,

Attitude Control

Several different attitude control systems were used in the
spacecraft shown in Figures C-1 through C-4 (taken from References C~1
through C-4). The Syncom spacecraft was spin stabilized, and used the
axially mounted jets in a pulsed mode to orient the spin axis. The
Mariner IV (Figure C-2) used a three-axis nitrogen gas jet stabilization
system augmented by solar paddle torques about the pitch and yaw axes.

The Lunar Orbiter also used a three-axis nitrogen gas jet system (not shown).

*
References are listed at the end of this Appendix,
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The Surveyor used a three axis cold gas (nitrogen) jet stabilization
system during coasts and midcourse firing, and used the terminal descent
vernier system (shown in Figure C-4, taken from Reference C-4) for attitude
control during the main retropropuléion firing and during final descent,.
The vernier system used nitrogen tetroxide (N204) with 10% nitric oxide

(NO) added to lower the freezing point and monomethyl hydrazine monohydrate

CMMHoHZO) as the propellants.

Earth Orbit Injection

The cutaway drawing of the Syncom spacecraft shown in Figure C-1
shows the TE-375 solid propellant apogee motor used to inject the Syncom
into synchronous orbit. The motor delivered a AV of 4712 ft/sec, 30 ft/sec
above the nominal valueo* This placed the spacecraft in an orbit with an

eastward drift rate of 7.03 degrees/orbit.

Orbit Correction or Transfers

The Lunar Orbiter I was commanded to make a lunar orbit transfer
11 days after launch to reduce the perilume from 200 km to 40 km, and
an orbit trim 15 days after launch., Both maneuvers were made using
the bipropellant (N204-Aerozine 50) velocity control engine shown in
Figure C-3 (taken from Reference G-3). This engine was also fired 79 days

after launch to cause a lunar impact of the spacecraft.

% The Syncom was launched on Delta, which does not use a 100 n. mi. parking
orbit. Therefore, the 4800 ft/sec nominal AV from Appendix B does not
hold in this case,



The Syncom spacecraft was also commanded to make an initial
orbit correction. The axial control jets were fired to change the drift

rate from 7.03 degrees/orbit eastward to 4.58 degrees/orbit westward.
Midcourse Correction

Figure C-5 (taken from Reference C-5) shows the general con-
figuration and mounting of the Ranger VII monopropellant (hydrazine)
midcourse motor, The motor is typical of those used on the Ranger and
Mariner series.

Figure C-6 (taken from Reference C-6) shows a schematic of
the'Mariner A midcourse propulsion systems.* The major system components
are high pressure gas storage tanks (nitrogen at 3000 psia), a pressure
regulator which maintains the propellant tank at 310 psia, the propellant
(NZHZ) tank, the rocket motor, the N204 initiating oxidizer supply and
the valving system., The Mariner A motor contained a bed of 3/16 inch
diameter spherical particle catalyst which accelerated the propellant
decomposition. The catalytic reaction was not spontaneous and required
that a 15 cc slug of N204 be injected into the engine at startup. This
provided a l-second biprope%lant combustion period during which the catalyst
bed was heated and catalytic decomposition was initiated.** The valving
system used a number of explosively operated valves, which is typical for

operations in which minimum long term leakage is desired.

* The system was developed for the Mariner A spacecraft, which was cancelled
due to Centaur development difficulties. A modified version was subsequently
used on the Mariner IV and V spacecraft, Figure C-2 shows its location on
Mariner IV.

%% Future monopropellant midcourse motors will probably use a spontaneous
catalytic reaction, eliminating the oxidizer start.
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Volume restrictions on the Mariner A limited;ﬁﬁe motor nozzle
to a 44:1 expansion ratio, which resulted in a vacuum Isp of’235 sééoﬁds.»
Use of a 100:1 expansion ratio would add approximately 10 seconds to #he4
specific impulse . As is typical for propulsion systems where”factoré
other than performance are significant’(in th;s case,,étOrability,
reliability, énd impulse reducibility considerations‘dominate)‘the propellant
fraction (weight of N2H4/tota1 engine weight) is }ow:(hp = ;503).

The Lunar Orbiter and Surveyor both'used their liquid bipropellant
motors for the midcourse correction. The schematic for the Lunar Orbiter
motor is shown in Figufe C-7 (taken from‘Reference C-3)., The arrangement
of the Surveyor liquid bipropellant system (the vérnier system) is shown

in Figure C-8 (taken from Reference C-4).

Orbiter Retropropulsion

Figure C-9 illustrates the TE-458 solid propellant retromotor
of the AIMP-D'(taken from Reference C-6). For this spacecraft, a loose
Lunar orbit was desired, with the exact final orbital elements not a
critical consideration to operation of the spacecraft. Therefore, it
was poséible to use a solid propellant retromotor, with the,ignition
command given from tﬁe ground and the motor allowed to thrust until the
propellant was depleted.

For the Lunar Orbiter (see Figure C-3)}, cqntrol of the retro
AV and, thus, the initial orbital characteristics was more critical
‘because of the phdfographic mission., Furthermore, multiple uses of

the motor were required for orbit changes and trim. Therefore, a
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liquid bipropellant motor was used, The precision available from this
type of system is illustrated by the fact that the delivered initial
retro AV differed from the desired by only .35 m/sec (790.0 m/sec

desired, 789.65 m/sec delivered).

Planetary Direct Lander

A number of Surveyor Spacecraft hav;ibeen soft landed on the
Moon. The descent control propulsion is provided by two subsystems,
The main retro AV is proﬁided by the solid propellant motorj(TE364)
shown in Figure C-10 (taken from Réferenee Céﬁ). Terminal éescent control
is provided by the vernier propulsion system shown in Figgrés Ceé and C-8,
The nominal sequence of events during terminal descent are ;howﬁ‘in;
Figure C-11 (taken from Reference C-4), Altitude and veldcity information
is provided by a multibeamed doppler radar system, During the terminal
descent the attitude reference is provided by an inertial reference
system, The velocity vector is maintained parallel to thézflight path
so that the spacecraft executes a gravity term in descending to the Lunar

surface,
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