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I. INTRODUCTION

A comprehensive lunar exploration program should naturally proceed
from the present efforts concentrated on the earth side to landings on the
far side of the moon., Because the far side is never visible from the earth,
communications with a lunar far side terminal from earth (or a point on the
near side of the moon) will involve some form of intermediate relay., The
requirements for such a relay are already apparent in the current Apollo
missions since the orbiting CSM and LM experience a loss of communications
when passing behind the moon., This restriction of communications is serious
because of critical operations (such as SPS ignition for insertion on the
return to earth trajectory) which occur behind the moon, Real time commun-
ications to the lunar far side become a prerequis?te for far side landings
and exploration, It should be noted, however, that at present, there are
no firm plans for such a far side mission,

1. STUDY PLAN _ |
The overall study plan is illustrated schematically in Figure 1,

Following a brief requirements survey, the study program encompassed
four tasks:

(1) Satellite coverage and visibility analysis

(2) Communication system parametric analysis

(3) Trajectory and vehicle considerations

(4) Survey of applicable technology

The communications system parametric analysis {is based upon a mathematical
model of 2 satellite communications system. Requirements for relay satellite
system parameters such as effective radiated power, noise, temperature, etc.,

are investigated for two systems:

(1) Current Apollo systems
(2) Improved Apollo systems

The types of lunar relay systems which have been 1uves§igated are the cur-
rent Apollo system, and a modified system in whict the lunar terminal is

1-1
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similar to the Apollo system, and the earth to lunar relay satellite link
is an X-band system,

Trajectory and vehicle considerations include performance, trajectory,
and guidance analysis which includes the following items:

(1) AV requirements for entering selected lunar orbits
(2) Payload capabilities of candidate launch vehicles
(3) Perturbative effects on selected lunar orbits

(4) orbit stabilization and phase contro)

The survey of applicable communications satellite technology is directed
toward an assessment of the current state-of-the-art in major system
items such as antenna design-and RF power capabilities. The survey

to date has been on antenna design, RF power generation, and low noise
receivers.

As part of a continuing study, the results of these analyses should be
integrated into a definitive statement of system requirements for a lunar
comunications satellite system. These requirements, based upon firm
supporting analyses, would be the point of departure for a preliminary
design of a lunar communications satellite.

2. COMMUNICATIONS REQUIREMENTS

It is instructive to briefly examine the communications requirements
for the current Apollo missions and to estimate projected communications
requirements for possible future lunar exploration., A summary of these
requirements is shown in Table 1. Note that only the first two entries on
Apollo G-H missions and Apollo J missions are firm requirements at the
present, The remaining entries are the authors' projections. As shown in
the table, it is expected that initial far side Apollo missions would closely

1-3



parallel the near side activities currently planned., Initial far side
exploration would then require communications relay to earth from single
lunar surface terminals (LM, rovers) whose location and surface activity
time would be known well in advance of the mission., As will be discussed
later, knowledge of mission time and landing site have substantial impact
on relay communication system design.

Beyond Apollo type missions, one might expect future lunar surface
explorations to involve the establishment of a near side lunar base, followed
by a system of near side bases. This in turn might be followed by an initial
far side base and possibly a system of far side bases, Wide ranging surface
exploration from this base or system of bases might include long range EVA
using large mobile surface laboratory vehicles, Finally, a lunar orbiting
space station/base might be established,

This brief discussion has thus indicated that the goal of any lunar
communications system should be coverage of the entire lunar sphere all the
time, Transmission requirements start with those of the current Apollo
system and proceed to those associated with comprehensive systems of bases
and orbiting stations. One might expect these latter requirements to be
similar to those projected for earth orbiting space bases, i.e., multiple
two-way TV channels, high data rate telemetry channels, multiple channel
EVA communications, etc,

While the long term goals ére complete and continuous coverage, the
time phasing of the operational requirements is such that the establishment
of a lunar far side relay communications system may be phased in concert
with developing requirements. It is important to note that the communica-
tions relay systems required to support initial Apollo missions would be
substantially less complicated than the full coverage éystem.

1-4
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Table 1. Communications Summary for Lunar Exploration
s Cgmmu?icatiggs
Phase of Lunar urface equiremen
Exploration ?f;{ Activities Possible Possible Remarks
. Modes Links
Current Apollo Hissions* up to Limited EVA within 1500 USB-voice LM-CSM See mission time
(6-H type missions) 35 hrs ft. of LM - duratfon 2 1ine.
: hrs. 40 minutes
Apollo Earth-side Lunar* up to Expanded walking EVA USB-voice LM-CSM See mission time
Exploration Missions 78 hrs within 1-2 KM of LM for UsB-data LM-EVA line
(J-type missions) 3 hrs. 40 minutes USB-TV LM-earth
. Mobile EVA within 5 KM USB-ranging CSH-earth
of LM using rover VHF-voice Rover-CSM
VHF-data Rover-LM
VHF-ranging Rover-earthi
Rover-EVA
Initfal Far Side Apollo Short | Limited EVA similar USB-voice LM-CSM No far side
Missions simitar | to G-H missions USB-data LM-EVA missions planned
to G-H USB-TV LM-earth before 1975 at
missions USB-ranging CSM~earth present '
VHF~-voice '
VHF-data
VHF-ranging
Apollo Far Side Lunar Similar | Expanded tYA similar USB-voice . LM-CSM
Exploration Missions to J- to J-type missions USB-data LM-EVA
.. type USB-TV LM-earth
missions USB-ranging CSM-earth
VHF-voice Rover-CSM
- VHF-data Rover-LM
VHF-ranging Rover-earth
Rover-EVA

* .
Reference: "Program and Mission Definition Apollo Lunar Exploration" NASA/MSC Report

No. SPD-9P-052 August 15, 1969,
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Tabl2 1. Communications Summary fur Lunar Exploration - Continued

: Surface Communications
Pgas? g:t%::ar Stay Activities : Requirements Remarks
xplo Time Possible +Possible
Modes . Links.
Inftial Lunar Base Indef- Comprehensive surface Voice Base-orbiters Post 1975
inite science and exploration, gsta gase-EVA
Long duration EVA using ase-rovers
large surface rovers. Ranging Orbiters-earth
System of Lunar Indef- Multiple sites for com- Voice - Base-orbiters Post 1975
Bases inite prehensive surface Data Base-EVA
science and exploration. TV ; gasp-rovigs
: Ranging ase-ear
Inter-base links
Lunar Orbiting Similar activity to earth Voice Station-earth Post 1980
Space Station orbiting space station g:ta g:a::on-?rbiters
ation-lunar
Ranging Station-surface
Station-terminals
Station-EVA
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3. METHODS FOR LUNAR FAR SIDE COMMUNICATIONS RELAY

There are a variety of possible methods for relay communications
from the far side of the moon, These possibilities are briefly summarized
in the discussions below.

One approach is that of providing a lunar surface link from a far
side terminal to a near side terminal with subsequent relay to an earth

station, The surface mode of transmission could be one or a combination of
the following techniques:

(1) Lunar surface point-to-point relay
a. Microwave .
b. VHF or UHF radio relay

(2) Surface wave transmission (generally limited to frequen-
cies below the high frequency region of the spectrum)

While attractive for special applications, the relay mode is primarily
limited by the difficulty and expense of establishing a sufficiently exten-
sive network to provide area coverage for the lunar far side. The surface
wave transmission mode can provide area coverage, but because of the fre-
quency limitation cen provide limited information bandwidth., This mode is,
however, very attractive for backup communications, and is also attractive
for specific applications where wide bandwidth is not a primary consideration,
For example, far side experiment packages with low data rates might use this
mode for relaying scientific information to a near side termiral with subse-
quent relay to an earth station,

Lunar communications satellites provide the most direct method of
complete area coverage for the lunar sphere. There are basically three
configurations for such satellites

a, Lunar orbiting satellites
b. Libration point satellite at position L

c. A "Hummingbird" lunar synchroncus satellite



There is no stable synchrcnous orbit for the moon due to the effect of the
earth's potential. A lunar synchronous orbit would be possible in principle
using continuous propulsion on-board the satellite. This ccncept has been

. investigated by GSFC (Reference 3-1).

It sheculd be noted, also, that passive or active relay satellites
are possible in this application, Terminal effective radiated power limita-
tions are such that only active relay satellites represent practical possibi-
lities. Coverage anc visibility cbservations developed in this report,
however, apply to both active and passive satellites,

This report specifically censiders the coverage and visibility factors
for a lunar crbiting system of communications satellites. Since the character-
istics on the Lz libratica point are well documerted, (Reference 3-2 )'no
specific attention has been devoted to the coverage and visibility analysis
for this type of satellite.

It should also be noted that only circular orbits are considered.
Other orbits such as a highly elliptical earth orbit which has an apogee
behind the moon could be considered in further studies.




II. SUMMARY AND CONCLUSIONS

This report addresses itself to an analysis of orbiting lunar relay
satellites. Since full coverage of the lunar far-side surface is not pos-
sible from an equatorial orbit, a system of polar orbiting relay satellites
is proposed. For continuous coverage of the entire lunar sphere, the minimum
network of relay satellites is composed of three sets of three orbiting satel-
lites, equally spaced in circular orbits. For orbit plane separations of
sixty degrees; orbit altitudes of approximately 6000 statute miles will pro-
vide lunar grazing angles of 5 degrees.

Since the most attractive possfbility for partial coverage is a
network of three equally spaced satellites in circular polar orbit,
it is proposed that such a system be established as an interim step in
providing full coverage with the nine satellite system. It can be shown
that such an orbit may be positioned to provide continuous coverage for a
specific mission whose landing site and mission time are known during
substantial fractions of a lunar cycle.

A review of Part IV indicates that off-the-shelf boosters possess
the capability of delivering up to 6400 pounds to lunar orbit. It
would thus appear to be within reason to postulate that three lunar relay
satellites could be orbited using a single booster. It also appears
reasonable that the approximately 2000 pounds available for each satellite
should be enough to provide for the on-board propulsion required for
initial phasing control and for station keeping to cancel the perturbation
effects for a lifetime of several years. It is.obvious that further study
will be necessary to determine the actual feasipbility of any satellite
system, depending upon the weight and complexity of the system chosen.

Assuming a lunar relay satellite system with separate antennas for
the MSFN-satellite link and for the satellite-lunar vehicle link, analysis
of the required effective radiated power (ERP) and receive antenna gains
for a 3 satellite system is presented in Part V.



Figures 30 and 31 of Part V are consolidz<x yigts showing a
wide range of combinations of 1unar relay satell s sofective receive gain
and effective radiated power (ERP) which will pruc.~+ the required signal
to noise ratio at the terminal receiver (lunar vic.-i~y vehicle or MSFN).
Table 2 1in Part V lists the minimum satellite % ind receive gain
shown in Figures 30 and 31 as well.as those rez. -4 for a back-up
baseband voice system and system using a VHF linr “~m the lunar terminal
to the satellite. The satellite minimum require? r=sjver gain varies from
approximately -33 dB for the uplink (MSFN to sate”" :2, modified system) to
+40 dB for the downlink (lunar vehicle to satelliwz, 1po110 system); while
the minimum required ERP varies from +20 dbm for -« Zownlink (satellite
to MSFN, Apollo system with the VHF back-up 1ink “eem lunar terminal to
satellite) to +84 dbm for the uplink (satellite t- “;nar terminal with
omni antenna, Apollo system).

Selecting two of the allowable receive gain - > combinations, two
examples of antenna gains and transmitted powers zrsz provided - one for
the Apollo system and one for a modified Apollo syc+zm (where the MSFN-
satellite link is X-Band). Using parabolic antenr:<, the example for the
modified system provides the antenna specificaticrs shown in Table 3.
Table 3 shows that a relay satellite with the re:<snable parameters of
an S-Band transmitter of 10 watts and S-Band anterr: approximately 13
feet in diameter; together with an X-Band transmitier of one watt and an
antenna of approximately 4 feet in diametev will prss/ide the required
margins for omni-narrowband system which is the worst case requirement.

Appendix A 1ists the around rules and parameters used to establish L
the required antenna gains and ERP for lunar relay -atellites.

Appendix B is a brief summary of applicable Pr techno]dgy available
for lunar're]ay satellites. Antenna gains up to 44 dB at S-Band and
55 dB at X-Band appear to be the present state-of-the-art. RF power =
generators of approximately 20 watts are available a4t S-Band and X-Band,

while receiver noise figures are in the 2 to 2.5 dB range. .
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III. 'CQVERAGE AND VISIBILITY ANALYSIS FOR SATELLITE RELAY SYSTEMS

The use of lunar orbiting communications satellite offers an attrac-
tive solution to the problem of lunar far side communications., The technology
of communications relay by satellite is well advanced through the current
efforts in terrestrial applications., Relay of communications from spacecraft
to ground terminals is being actively explored through the planned ATS-F and
ATS-G experiments and the initial work on geosynchronous tracking and data
relay satellites (TDRS),

1. COVERAGE OF THE LUNAR SURFACE

The basic problem in the design of a satellite communications network
is that of providing adequate coverage. The most optimistic goal would be a
system where any lunar surface terminal or any vehicle in lunar orbit could
communicate with earth at any time, Due to the evolutionary nature of the
lunar exploration program as it is currently defined or projected, it may
neither be practical or desirable to attempt to achieve this goal with the
initial efforts in providing lunar far side communications relay. For initial
Apollo-type far side missions, it will only be necessary to provide coverage
during short periods of a few days at infrequent intervals,

A second factor of interest is the desirability of eliminating require-
ments for satellite-to-satellite relay. This factor has a substantial impact
upon the design of a comunications satellite system, For example, if the
line of sight path from earth to the communications satellite visible from
the lunar far side terminal is occulted by the moon, then there is no possi-
bility of direct relay to earth, and a second relay link through a satellite
would be required, This satellite-to-satellite relay mode imposes severe
requirements upon the communications system, The studies described in this
report will assume that no satellite-to-satellite relay is to be provided.

1.1 Choice of Orbit for the Communications Satellite Network

It is impossible to cover all points on the lunar sphere simultaneously
from satellites in a single orbital plane. The degree of coverage varies
with the altitude of the satellite orbit, the number of satellites and the
minimum elevation of the satellite above the horizon viewed from the lunar
surface at acquisition, For example, if a lunar equatorial orbit {s utilized

3-1
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then the polar regions will never be covered, An inclined orbit will allow
coverage of all points on the lunar surface, but not simultaneously. A
system of polar orbits is probably the most promising candidate for realiz-
ing the long term goal of 100% coverage of the lunar surface 100% of the
time. An equatorial orbit may be most effective, however, if all Apollo
missions operate over a region confined to latitudes of, say, + 40° of the
lunér equator. In sumiary, the choice of orbit rests upon projected oper-
ational requirerents, Subsaquent discussion on the orbital configuration
of candidate communication satellite systems will be directed toward three
objectives: .
(1) A single system of equatorial satellites oriented toward
support of current Apollo missions,
(2) A system of polar orbiting satellites oriented toward the
long term goal of 100% coverage for any time,
(3) A system for partial coverage to support Apollo or other
specific missions.

2. BASIC COVERAGE CONSIDERATIONS

Consider the geometry illustrated in Figure 2. A system of N
satellites is to be positioned in circular orbit about the moon to provide
communications between points on earth and terminals on the lunar surface
as well as vehicles in orbit around the moon. In order to provide continu-
ous communications with lunar terminals, some overlap in coverage must be
provided in the orbital plane of the communications satellites., It is
convenient to measure this overlap in terms of the selenocentric angle
a as shown in Figure 2, The third parameter of interest is the elevation
angle at acquisition, e¢. This is the angle above the horizon viewed from
the lunar terminal at which the acquisition of a signal from the communica-
tions satellite could first be accomplished, Therc are therefore, three
independent quantities which determine the altitude of the circular orbits
of the communications satellite network

(1) Number of satellites, N,

(2) Selenocentric angle of overlap a, for coverage in the orbital
plane

(3) Elevation angle at acquisition e.
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Referring to the simpiified diagram of Figure 2 , the law of sines
- may be applied to obtain

T a L
sin (- * 7 _osinlZ 7 ‘)‘gine (1)
Rna L
X
7 where:
% ( Ry = radius of moon
‘ h = altitude of communications satellite above the lunar
surface ‘

Rﬁhx = communications distance at acquisition

The angle ¢ may be expressed 16 terms of the other angles as follows

d=n(%—-%) ] (p+%),uza (2)

It is easily shown from (1) that the satellite altitude is given
by '

= Ry (905;2; zin 8) (3)

The maximum communications distances will-be

Rnax = Ry sin(ﬂ"""i_) '(4)

sin @

() 3. DERIVATION OF EXTENT OF MUTUAL VISIBILITY ZONES

The requirement of continuous communications dictates that a period

of mutual visibility must be provided for two communications satellites

and the lunar terminal, Specification of a selenocentric angle of overlap
. for coverage in the orbital plane of communications satellites meets this

requirement. It is of interest to determine the extent of this mutual
| visibility region. The mutual visibility regions for adjacent satellites is
i fllustrated in Figure 3 . Figure 4 {llustrates the orientation of the
intersection of the cone representing the satellite coverage sector and the
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lunar sphere, Referring to these diagrams it may be seen that the radius
R is related to the lunar radius by

R = Ry, sin(ﬁ- + g-) (5)

vwhere:

20
"

M lunar radius
N = number of satellites (N23)

selenocentric angle of overlap for coverage sectors in
orbital plane of satellites.

=]
n

If the center line of the right circular coverage cone is taken as refereﬁce,
then the angular coordinates (v, £ ) define the intersection of the coverage
cone with the lunar sphere, For example, if an equatorial system of commun-
ications satellites is being considered, then v will be the longitudinal
coordinate from the centerline of the coverage cone, While ¢ will be the
latitudinal coordinate for the intersection. These coordinates for every
point on the intersection are conveniently expressed in terms of the angle

6 shown in Figure 4. It may be seen that
V =Rsine
H =R cos o (F)
and,
R] = RM cos &
H |
y .
sin € = 'R;
Using (6) - (7) the angles t and ¢ may be determined to be
£=sin”) ’sin’(%—-b -“r) sin o]
(8)

1 ! sin (Fr' ?f) cqs e ‘

: T. = sin oS £




Of particular interest is the angle & at which the coverage zones intersect
since this is the maximum extent of the mutual visibility zone, Figure

5 i1lustrates the geometry to be considered in determining this ang]é. The
orbital plane of the satellites in Figure 5 is the plane of the paper, Figure

6 is a vertical cut in the plane of OV shown in Figure 5, From triangle OXR
it is-seen that
- T ]
OR = Ry cos (N" + ?Tj (9)

while from triangle OVR, it may be determined that

OV = OR sec ﬁ-— (10)
and
OV = Ry cos (ﬁ— + %—k) sec ﬁ-— (1)

The central angle for the point of intersection is then

Sintersection ~ COS-I ;cos (ﬁ— * uT) sec ﬁ‘f (12)

The extent of the mutual visibility region in fact determines the
effective coverage limits for a system of equally spaced coplanar satellites.
Figure 7 illustrates these coverage limits., Note that there are two
regions where there is no continuous communications coverage. The extent
of these regions is determined by interdependent quantities such as the
altitude of the relay satellite network, number of satellites, and required
elevation angle at acquisition. Figures 8 and 9 illustrates the dependence of
the selenocentric angle subtended by the coverage region for systems of

three, five, and six satellites upon the selenocentric angle of coverage
overlap in the orbital plane of the satellites.

The impact of this coverage limitation is obvious for an equatorial
system of lunar communications relay satellites. As will be discussed
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in a subsequent section of this report, this factor also imposes a require-
ment for three non-coplanar sets of polar orbiting satellites i€ continuous
coverage of the entire lunar surface is to be achieved, '
Figures 10 - 14 illustrate the dependence of satellite altitude and surface
coverage for selected systems.
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4. AN EQUATORIAL SYSTEM OF COMMUNICATIONS SATELLITES

An equatorial system of satellites for lunar far side relay apdlica-
tions is limited by two factors: .
(1) Each of the communications satellites is occulted by the
. moon during each orbital period,
(2) Coverage of extreme polar regions of the moon is impossible.

The first of these limitations may be overcome by providing a suffi=-
cient number of satellites properly phased in equatorial orbit, The second
limitation is impossible to counter using only satellites in lunar equatorial
orbit,

To further illustrate this first observation, consider the diagram
of Figure 15, An equatorial system of five satellites is shown, and this
system is arranged to provide uninterrupted service for a point on the lunar
far side located in the plane of the orbit of the satellite network. This
uninterrupted service is possible because of the complete overlap in coverage
between adjacent satellites in the system,

For example, if the lunar far side surface terminal is located at
point T, and the earth-moon orientation is as shown on the diagram of
Figure 15, then satellite 1 will not be visible from earth, Satellite 5
will be passing out of view of the surface terminal while satellite 2 is
just coming into view. Relay may thus be accomplished using 2 until 1
emerges from the occultation zone.

Note that uninterrupted service is possible only for points in the
orbital plane. In order to provide this service to points out of plane,
more than the indicated amount of overlap would be required. Note also
that five satellites is the minimum number for uninterrupted service in
the orbital plane since four or less cannot be arranged so as to provide
complete overlap in plane.
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5. A POLAR SYSTEM OF LUNAR COMMUNICATIONS SATELLITES

| An equatorial system of lunar communications satellites cannot pro-
vide coverage for the lunar polar regions, This limitation may be directly
~overcome by utilizing systems of polar orbiting satellites. There are some
special coverage requirements caused by the fact that the moon may occult
the line-of-sight path between the active satellite and an earth station for
certain fractions of lunar cycle, This occultation is illustrated graph-
ically in Figure 16 , where for simplicity, two orthogonal polar orbits
(-Eare shown for the communications satellites. In the neighborhood of posi-
- tions A and C, satellites in polar planes 1-1' will be occulted by - the
moon, while in the. neighborhood of positions B and D, satellites in orbital.
plane 2-2' will be occulted.

As in the case for an equatorial system of satellites, it is possible-
to overcome this occultation problem by using five or more equispaced
satellites in each orbital plane. For orthogonal orbits, a minimum of ten
satellites would be required for continuous coverage of the entire lunar

sphere,

If three orbital planes are established, it would be possible to con-
tinuously cover the lunar surface with a total of nine satellites with three
equispaced satellites in each plane, The angular separation between orbital
planes is clearly a function of the width of the coverage sector for each
set of coplanar communications satellites, If the selenocentric angle from
the orbital plane to the limit of mutual visibility (i.e., the crossover
point for adjacent coverage zones) is frax (see Equation 12 ), then the

(iérequired plane separation between the orbits is given by

= I .
®n1ane =2 ‘2 9max) : (13)
separation

If the coverage sector is + 75 degrees on either side of the orbital plane,
then a plane separation of 30 degrees is necessary, Three satellites equ-
ally spaced in an orbit of approximately 7200 statute miles altitude (zero
degrees grazing angle) will provide this coverage, If a grazing angle at
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acquisition of five degrees is required, the altitude for a three satellite
configuration increases to approximately 23,600 statute miles., As previously
noted, these very high orbits should be avoided if long orbital lifetimes are
to be achieved. Equally spaced orbital planes would be separated by sixty
degrees which corresponds to a coverage sector width of -+ 60 degrees from
the orbital plane of one set of three coplanar satellites. For an acquisi-
tion grazing angle of zero degrees, the required satellite altitude is
approximately 3300 statute miles, increasing to approximately 6000 statute

~ miles for a grazing angle of five degrees, Note that sixty degrees is the

( maximum orbital plane separation for a three orbit system,

As shown in Figure 16 , it is p0551b1e to establish lunar polar
orbits such that every point in the orbit is visible from any p01nt on earth
for large fractions of a lunar cycle. Consider the diagram of Figure 17
which further illustrates the geometry of the lunar communications relay
problems, The line 1-1' is the edge of a lunar polar orbit, Note that
in lunar position A, satellites in oribt 1-1' would be occulted when passing |
behind the moon. In lunar position B, all points in oribt 1-1 would just
be visible from any point on earth., It is of interest to determine for what
fraction of a lunar cycle a polar orbit would be completely visible. If
a, B, 6 are as labeled in Figure 17, and RM is the radius of the moon,

Re is the radius of the earth, dy is the distance from the earth to the
moon, and h is the altitude of the satellite, then it is clear that

Q
t

R .
S B O I
= sin (14)
LS »
O 5 = sip”! { £ R
( dy |
The angle 6 is then the sum (B+ a) and is written as
-1 Ru } -1 {RE + RM}
0 = sin + sin
{ﬁ;fTTT | "7%;_"
. . .
The fraction of a lunar cycle during which all points in orbit 1-17 will ‘
not be visible from any point on the earth is

(18)
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Noting that the geometry of Figure 17 would be repeated when the moon .
passes to a point diametrically opposite the position illustrated.

Note also that this visibility factor is strongly dependent upcn
the altitude of the orbit. Figure 18 {llustrates the visibility time
as a function of satellite altitude,

l 6. POSSIBILITIES FOR PARTIAL COVERAGE

(té The preceding discussions on equatorial and polar orbiting systems
of lunar communications satellites has emphasized continuous coverage of
the complete lunar sphere. While this completé coverage would be a firm long
term requirement for comprehensive lunar exploration, the current pace of
Apollo missions would allow the establishment of systems for partial coverage,

From an economic point of view, it would be desirable to initially
establish the minimum number of relay satellites which could support the pro-
* Jjected Apollo G, H, and J type missions, The basic characteristics of these
missions are summarized in Table 1 (pp 1-5 and 1-6).

The fundamental problem is thus to provide communications during the
lunar orbit and surface stay phases of an Apollo mission., Other longer term
relay requirements resulting from Apollo missions might include relay of
scientific data from surface experiment packages left on the lunar surface,

The simplest situation one might consider is that of a single satellite
which would be positioned to be mutually visible from earth and lunar stations
_during the mission, Tihe absolute minimum coverage acceptable would be from

_lhe initiation of the lunar descent phase until insertion of the LM on the
ascent trajectory. As indicated in Table 1 , this phase would be substan-
tially in excess of 35 hours, the surface stay time for G - H type missions,
For Apollo 11, the period between the undocking maneuver prior to LM descent
and the docking after LM ascent was approximately 28 hours, of which lunar
surface stay accounted for approximately 22 hours, This surface stay increases
to about 78 hours for J type missions, Thus, if a lunar far side explora-
tion mission were based on G - H type missions, the single communications
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relay satellite must be mutually visible by earth LM and CSM for approxi-
mately 40 hours, this figure increasing to about 82 hours if J type mission
were undertaken,

Consider the situation illustrated schematically in Figure 19
Simplifying assumptions are
(1) Lunar rotation is negligible during satellite passage from
acquisition to loss of communications {(i.e, from horizon to
horizon).
(2) Surface terminal is in plane of orbit,
(3) Orbit is polar and positioned so as to be visible from earth,
durtng mission time, :
It is clear from the diagram that the total time when relay communica-
tions will be possible will be given by '

-2 7 (17)

where ®ca is the control angle traversed by the relay satellite as it moves

. from horizon to horizon, and T is the orbital period of the satellite, Using

the laws of sines, eca may be found to be

Oca 2 - 2¢- 2 sin'] :WM_R-T—E- cos e: (18)

where h is the satellite altitude, RM is the lunar radius, and ¢ is the ele-
vation of the satellite above the lunar horizon at acquisition,

(jg Figure 20 illustrates the graph of orbitaf period in houry versus

iatellfte altitude and shows on the same plot the visibility time for a
single satellite., Note that for satellite altitude less than 10,000 miles
above the lunar surface, the satellite will be visible for less than 28
hours, This visibility time is insufficient to support on Apollo type far
side lunar exploration missions. '

~ It should also be noted that the influence of earth and sun were
neglected in the determination of orbital period for the relay satellite,
At the higher altitudes, these effects become important. It is probable
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-is within the visible region, there i< no constraint imposed upon the

that altitudes greater than 10,000 miles may not be usable,

7. A MINIMUM FULL COVERAGE COMMUNICATIONS SATELLITE NETWORK FOR A

SPECIFIC APOLLO TYPE MISSION

The minimum communications network which could provide continuous
coverage during an Apollo type mission is a system of three equispaced satel-
lites in polar orbit. It is clear that the orbital plane of these satellites
must be properly positioned relative to the earth-moon line. This positioning
constraint is illustrated graphically in Figure 21. In this diagram the
moon's orbital plane is in the plane of the paper. Three communications
satellites are equally spaced in circular polar orbit, the edge of which is
illustrated. Note that the invisible region is only on the lunar far side
since the near side always will be compietely visible from earth. If the
landing site is located so that it falls within the visibility region, the
orbital plane of the communications satellites would be adjusted with respect
to the earth-moon line so that all points of the communications satellite
orbit would be visible from earth for the maximum length of time from initia-
tion of the landing phase of a lunar mission.

Note that if the selected landing site for the mission falls within
the invisible region, the orbital plane would be positioned such that the
landing zone at the time of landing would be just passirg into view of the
satellite as the moon rotates in the direction shown. If the 1anding site

orientation of the orbit other than the previously discussed visibility from
earth.

This continuous coverage is, of course, specific mission oriented,

Later missions would either have to be properly timed with respect to be

original mission for which the satellite network was established, or the

network could be repositioned, The advantages of establishing such a single
three satellite system are: .

(1) Basic coverage for Apollo missions is possible,

(2) It allows for a time phased establishment of a full coverage
sy< tem, ' :
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8., SUMMARY AND CONCLUSIONS

The coverage and visibility analysis summarized in this report is
based on two basic ground rules:

(1) Continuous coverage of the full lunar sphere should be the
long term goal for a lunar satellite communications system,

(2) The communications relay mode is assumed to be a two way earth-
relay satellite-lunar terminal mode. No satellite-satellite
relay capability is assumed.,

For continuous coverage of the entire lunar sphere, the minimum network of
relay satellites is composed of three sets of three polar orbiting satellites, .
The satellites are equally spaced in circular orbit, and the orbital plane
separation between adjacent orbits ranges from thirty to sixty degrees. The
sixty degree separation is most desirable in-that satellite altitudes are
considerably 1ess_than those required for the thirty degree separation.

For a plane separation of sixty degrees (the maximum forva three orbit

system), an orbit altitude of approximately 6000 statue miles will provide

a lunar grazing angle of 5 degrees).

If only two orbital planes are esiablished, ten satellites are required
for full continuous coverage. Five satellites would be equally spaced in
each of two orthogonal circular orbits. These orbits may both be polar, or
one polar and one equatorial,

Full coverage is not possible from equatorial orbit., For continuous
coverage of an equatorial sector, five satellites equally spaced in equa-
torial orbit are required. ‘ ' '

The most attractive possibility for partial coverage is a network of
three equally spaced satellites in circular polar orbit. It is shown that
such an orbit may be positioned to provide continuous coverage for a specific
mission whose landing site and mission time are known during substantial
fractions of a lunar cycle., Such a network is a member of the minimum net-
work of nine polar orbiting satellites required for continuoys coverage of
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the entire lunar sphere. Therefore, the full network may be established over
a period of time, this time depending upon the evolution of operational
requirements, It might develop that a single three satellite network would
serVe to support a wide variety of Apollo type missions if the missions were
properly timed, ' '

Single satellites (other than the libration point satellite) cannot

provide continuous coverage for an Apollo mission, Two satellite networks

' ; increase coverage time for an Apollo type mission, but cannot provide com-
o plete coverage.
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Iv. TRAJECTORY AND VEHICLE CONSIDERATIONS

1. INTRODUCTION

Additional considerations, other than communications, coverage and
visibility analyses, are required to establish the feasibility of a lunar
communicatioas satellite system. These fall naturally into two major
categories. The first includes all of the requirements necessary tc
establish the satellites of the system into their desired lunar orbits.
Such considerations include the following:

(1) Launch vehicle and payload available with this vehicle,

(2) Velocity requirements for translunar injection and lunar orbit
- insertion,

(3) Launch opportunities satisfying all mission constraints and
resulting in the desirable payload in lunar orbit,

(4) Tracking and midcourse guidance requirements for orbit
determination and establishment of each sateliite in the
desired lunar orbit.

The first, or launch vehicle, consideration is probably the most
important in establishing the satellite system that is finally implemented.
This vehicle will most 1ikely be "off t.e shelf" and two candidate vehicles
will be discussed in the following subsection. The payload capability will
determine whether it is feasible to launch several satellites into lunar
orbit with a single launch vehicle. Also, the number of launch opportun-
ities may be affected by the second stage restart capabilities. These
considerations, and others concerned with launch and possible mission
modes, are discussed briefly in Subsection 4. '

In the second consideration, the velocity requirements are essentially -
vehicle independent. This information provides inputs for launch oppor-
tunities, translunar flight times, lunar orbit altitude, and vehicle
sizing. This information is essential to a preliminary analysis and is
provided in Subsection 2. '

Considerations in (3) and (4) are important in implementing the
chosen .ommunications satellite system; however, they do not greatly
impact on the preliminary design. The daily and monthly la#nch windows



will be very similar to the lunar orbiter missions. They will be greater,
in fact, because no lighting constraint at the moon is imposed. Also,

the considerable experience in lunar midcourse guidance and orbit deter-
minatior should apply directly to this mission and not impact greatly

on mission design.

The second major category is concerned with maintaining the lunar
communications satellites within their proper orbits (within 1imits) over
a long period of time. Since the earth and sun can cause sizable pertur-
bations on the lunar orbits, the satellites can deviate from their nominal
orbit to the point where the communications coverage requirements are no
longer being met. Also affected will be the phase angle between con-
secutive satellites in the same orbit. Thus, orbit and phase control
maneuvers will be.required. An analysis of the perturbations and a
technique for control are presented in Subsection 3.

2. VELOCITY AND PAYLOAD DATA

The purpose of this section is to provide performance and trajectory
information which will be useful in the design of a lunar satellite
communications system. Specifically, the problems corsidered are the
following: |

1. What are the payload capabilities of two vehicles, Atlas/Centaur

and Titan IIIC, for launch into lunar orbit?

2. What are the velocity and flight time requirements to enter a
high circular orbit about the moon?

3. What will the orientations of these orbits be at lunar orbit
insertion (LOI)? '

Considering the first question, the velocity requirements to inject

~yout of a 100 nautical mile circular earth parking orbit will be primarily

depen&ent on the translunar flight time and the distance of the moon from
the earth at the time of LOI. This circular velocity excess (CVE) is
plotted in Figure 22 for the range of translunar flight times expected
to be considered. Specifically, for lower flight times than 60 hours,
the CVE requirements increase considerably. The upper 1limit on flight
time is set by the minimum energy requirements to get to the moon. For
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the moon at minimum distance (about 56.0 earth radii), this time is
about 110 hours. For the moon at maximum distance (about 63.7 earth

" radii), this time is about 130 hours. For longer flight times, where
the approach to the moon will be from the back side, the required
velocities will increase. As stated above, the circular velocity excess
requirements, assuming an inplane translunar injection (TLI), will be
fairly independent of other parameters.

Also on Figure 22 are the payload capability curves for the Atlas/
Centaur SLV-3C, and for the Titan IIIC, as a function of the CVE require-
ments. Reference 4-1 gives two capability curves for the Titan IIIC, differing
by about 1400 pounds, which represent the nominal and minimum expected pay-
load. An updated curve is not expected to vary significantly from the nominal
curve shown in Figure 22, For the CVE requirements of the mission being con-
sidered, which ranges from 10260 to 10500 feet per second, the Titan IIIC
nominal payload capability ranges from 6400 to 6100 pounds. For the same
CVE range, the Atlas/Centaur payload (Reference 4-2) ranges from 3000 to 2900
pounds, or about half of that of the Titan IIIC. In either case, the varia-
tion in payload will only be 200 or 300 pounds for any lunar mission that
may be considered.

The velocity requirements to enter high altitude lunar orbits are
shown in Figure 23, Three representative altitudes are shown: 2000,
6000, and 10,000 nautical miles. These curves are sufficiently close
so that interpolation for other altitudes is easily accomplished. These
requirements are primarily a function of the flight time from TLI to

LOI, the inclination of tie orr:bound (earth centered) trajectory to the
moon's plane, and the moon's distance at the time of LOI.

The velocity requirements shown here may be associated with the TLI
CVE requirements through the flight time values, which are shown as tick
marks on the four scales at the bottom of Figure 23, The four scales
correspond to the combinations of maximum and minimum moon distance
with 0 and 60 degrees outbound inclinations to the moon's plane. Actually,
when 0 and 60 degrees are written, it is implied that the outbound. ¢
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inclination is within a few degrees of these values. For example, if the
translunar flight time is 70 hours for maximum moon distance, and the
outbound inclination is zero, then the velocity required to enter a 6000
nautical mile orbit will be about 2700 feet per second. From Figure 22,
the CVE i< seen to be 10410 feet per second and the Titan IIIC payload
6200 pounds.

The LOI velocity requirement in Figure 23 is plotted against the moon
centered approach hyperbolic excess velocity, since the latter is a measure
of the total spacecraft -energy. Thus, at a given orbit altitude (fixed
potential energy), the kinetic energy (or velocity) will depend only on
the total energy. Empirical data from computer runs were used to relate
the hyperbolic excess velocity to the flight time, moon's distance, and
outbound inclination.

It is interesting to note that these curves lie fairly close together
and even cross each other. The greatest separation of about 300 feet per
second exists for the extreme 60 hour flight time. For the longer flight
times, the separation can decrease to 50 feet per second, inuicating that
payload in orbit will be relatively insensitive to orbit altitude. The
velocity recuirements for variations in other parameters, however, can
vary considerably. For example, for a 6000 nautical mile orbit, the
insertion velocity will vary from 1800 to 3340 feet per second for max-
imum moon distance and zero outbound inclination. Then, for this moon
distance, the variation with outbound inclination car be 300 feet per
second. It is clear from this that, if possible, the longer translunar
flight times and zero outbound inclination should be used if maximum pay-
load in orbit is to be achieved.

The conditions of flight time, outbdund inclination, and moon's
distance at LOI affect the orientation of the approach to the moon as
well as energy. Effectively, these parameters cause the approach
hyperbola to the moon to contain a vector which is close to the moon's
orbit plane, and displaced 35 to 90 degrees west of the moon-to-earth
line at the time of LOI. If the outbound inclination is zero, then this
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vector will 1ie in the moon's orbit plane. If the outbound inclination

is close to 6C degrees, then this vector may make an angle of as much as
10 degrees with the earth-moon plane. The moon's equator is inclined
about 6.5 degrees to the the moon's orbit plane, indicating that the

angle of this vector can be as great as 16.5 degrees to the moon's equator.
Thus, if equatorial orbits are desired, either favorable launch days and
conditions must be found to minimize this angle, or a plane-change penalty
will be incurred at LOI. ‘

"For highly inclined or polar orbits, no plane change maneuver will
be required at LOI. That is, it is always possible to insert into a polar
orbit with an in-plane deboost. The nodal location of this orbit, howe;er,
will be constrained by the above mentioned vector which the oribt must
contain. Neglecting the librations of the moon (which amount to about 7 -
degrees in longitude), the selenographic location of the nodal 1ine for
polar orbits is approximated in Figure 24. As with the approach energy
(represented by Vm), this longitude will vary with translunar flight
time, outbound inclination, and the moon's distance at the time of LOI.
For longer translunar flight times, which reprecent lower LOI velocities
as shown in Figure 23, the nodal location will be between 70 and 90 degrees
west.]ongitude. Because of the longitudinal librations of the moon, the
actual value may vary by * 7 degrees from the value indicated in Figure 23.
Finally, Figure 25 represénts the period and velocity of a circular lunar
orbit as a function of its altitude above the lunar surface.

3.  SATELLITE STABILITY AND PHASE CONTROL

At this point of the analysis, it is assumed that the satellites have
been placed in the desired lunar orbit and that they are properly phased
with respect to each other. If the moon represented a central force fir.ld
and no other gravitational bodies were nearby, the satellites would rerain
in their respective Keplerian orbits. The nonspherical effects of the
moon and the third body effects of the earth and sun, however;-cause the
orbits and the phase angle between satellites to deviate from nominal.
Thus, if it is desired to utilize the system for some lengty of time, say
several years, it may be necessary to apply occasional trim maneuvers to
adjust the orbit and cancel the perturbation effects.
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The frequency and amcunt qf orbital adjustment, which will affect the
propulsion system size, depend primarily on the following factors:
(1) The desired lifetime of the satellite system,

(2) The actual deviations of the orbital elements and satellite
phase angles from the nominal values as a function of time.

(3) The acceptable deviatiors of the orbital elements and satellite
phase angles from the nominal values.

The actual deviations of the orbital elements and phase angles from

nominal will depend primarily on the altitude and inclination of the
(’énear circular) nominal orbit. These effects, as a function of time are

presented in the following subsection. -If these deviations are acceptable
for the desired lifetime of the satellite system, then no adjustment maneu-
vers will be required. If the deviations are not acceptable (such as, for
example, the phase angle increasing to where desired overlap is not pro-
vided), then orbital adjustments will have to be made. A technique for
such trim maneuvers is presented in Subsection 3.2. | @

3.1 Satellite Stability

As indicated above, the perturbations acting on the lunar orbit will
be the nonspherical effects of the moon and the third body effects of the
earth and sun. However, since the orbits considered are relatively high
(above 2000 nautical miles), the triaxiality of the moon will have a negli-
gible effect on the lunar orbit. The moon, incidentally, is more spherical
than the earth. This is particularly true for the equatorial and polar cir-

cular lunar orbits being considered here. Thus, only the third body effects -
of the earth and sun on the orbits need be considered. ‘

(jnl General perturbation theory provides analytic methods for predicting
third body effects on a near circular orbit over long periods of fime.
Greater precision could be obtained with numerical integration; however,
the computer time required becomes prohibitive. For this analysis, use
was made of an existing satellite lifetime program based on gerneral pertur-
bation equations (see Reference 4-3) which considered only the first order ,
effects on the orbital elements of the motion. Although this program was
orginally written for the computation of lifetimes of earth~sate1fit§s.
modifications had been made so that it could apply to lunar orbits as well.

4-10




Briefly, the expressions utilized represent the first order variation
of the six orbital elements over a single satellite revolution. This varia-
tion is computed separately for the effects of the earth and the sun. Thus,
correlation effacts per orbit are not considered. The variations are then
added to the orbital element values to update the perturbed elements for
this revolution. The process is repeated for each succeeding revolution.

The formulations presented assume that the third body (sun or earth)
remains in a stationary position during the satellite revolution. For the

computation, the average positicn is chosen, which is an approximation and
represents a source of error. For example, referring to Figure 25, the
period of a 60C0 nautical mile altitude satellite is 36 hours.’ Within this
time,'the sun will move about 1.5 degrees and the earth about 20 degrees.
Thus, the sun will remain essentially stationary during a revolution of the
satellite. The earth's position, however, will vary by 10 degrees from the
position chosen for the computation. Since, however, this analysis is con-

cerned with long term effects, .it is the sun which will make the primary con-
tribution. The earth will cause oscillations in the orbital elements with
approximately a 14 day period and, if these oscillations remain within the
acceptable deviations for the planned satellite system, then the trim maneu-
“vers need not be directly dependent on the earth's effect.

For this analysis, eight lunar orbits have been chosen for stability
computation. Three are near equatorial orbits (5 degrees) and five are near
‘polar (85 degrees). For the equatorial orbits, altitudes of 4000, 6000,
and 10,000 nautical miles have been chosen. The polar orbit altitudes
range from 2000 to 10,000 nautical miles in 2000 nautical mile steps. The
starting eccentricity for these orbits is .001. One reason for choosing
this value is that the first order variations of some of the orbital ele-
ments are zero for perfectly circular orbits. Thus, the second order effects,
which are being ignored here, would become important in causing the initial
variations in the elements. Also, it is expected that an eccentricity of
001 will be quite acceptable for an operating system. It represents a
deviation of about .001 x R where R is the radius of the satellite orbit.
For the extreme case, where the altitude is 10,000 nautical miles, the
deviation will be about 10 nautical miles.
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The variation of the elements of the eight orbits mentioned above has
been computed for a period of 2 years. The variation of eccentricity as a
function of time is plotted in Figure 26, where the oscillations due to the
earth's effect is nct shown. This figure indicates that the near cquatorial
orbits are quite stable for the period of time considered. In fact, for the
cases chosen, the eccentricity decreases with time, imp]&ing that the pertur-
bations have a circularizing effect. It is expected, however, that over
longer périods of time, the eccentricity will increase. In any case, it is
clear that very stable equatorial and near equatorial orbits exist, up to

('go,ooo nautical miles, which may be used for lunar satellite systems.

The near polar orbits, however, do. not behave as well. As shown in
Figure 26, the eccentricity increases exponentially with time, which will be
an important relation in developing. the trimming technique discussed in the
next subsection. For an eccentricity of 0.1, for example, the "lifetimes"
of the orbits shown are 2.1, 1.0, 0.6, 0.4, and 0.3 years for altitudes
ranging from 2000 to 10,000 nautical miles. Here, only the 2000 nautical
mile orbit has a lifetime of 2 years, and only if an eccentricity of 0.1
is acceptable. This figure indicates that equatorial orbits will require
very little, if any, trim maneuvers to correct eccentricity, whereas polar
orbits will require continual eccentricity correction if a lifetime (based
on acceptable eccentricity) of several years is required.

Data for the variation in the orientation elements are not presented
here since their variations are small and their consideration in the mission
design is secondary. For example, assuming orbit times of Figure 26, for
which e < 0.1, the variation in inclination for polar orbits is always less
than 10 degrees. The inertial node, however, (again for polar orbits) can

(j?any up to 20 degrees for the 8000 nautical mile altitude orbit and up to
30 degrees for the 10,000 nautical mile altitude orbit. If, for a particular
satellite sy-tem being considered, a stationary (inertial) longitude is
‘mportant, then sizable plane change maneuvers may be required to maintain
this longitude. The requirement may be considerable for low orbits as well
since, although tne plane change may be small, the orbital velocity is
higher. It is assumed in this analysis, however, that if a lunar communica-
tions satellite system consists of satellites in two polar planes nor al to
each other, then visibility overlap is sufficiently iarge that no noaal or
inclination adjustments will be required for the 1ifetime of the system.
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3.2 Phase Angle Variation and Control

It is assumed in this analysis that the nominal configuration of a set
of communications satellites is such that they are equally spaced and in
thé same circular orbit. It is also assumed that if there is a similar
set in a different orbital plane, then there are no phasing requirements
between these two sets. Thus, it is only necessary to énalyze the phase
relation of the satellites within the same plane.

With respect to the phase angle between satellites which are planned
to be equally spaced in the same circular orbit, there are three effects
which can cause this angle to be off nominal. These are:

(1) 1naccuracies of the lunar orbit insertion maneuver, .

(2) First order effects on phasing due to increasing eccentricity
of the orbit which is caused by earth and sun perturbations.

(3) Higher order effects of the earth and sun perturbations on
the satellite motion.

Some inaccuracy in lunar orbit insertion cannot be avoided. Thus, a series
of trim maneuvers will be required. This trimming falls naturally into two
categories. The first is a positioning phase and the second is a circular-
izing phase. Considerable tracking may be required before and during these
" trim phases in order to accurately determine the orbit and, hence, the
maneuver required. For the positioning phase, where for example, two satel-
lites are too near each other at LOI, it is recessary to change the relative
periods. Thus, if one satellite has nearly the correct (nominal) period and
an adjacent satellite 1s too close behind it, then it is necessary to in-
crease the period of the second satellite so that it may lag behind the
first. This may be done by increasing the semi-major axis which is most
fficiently accomplished with a tangential maneuver. . Then, when the phase
~angle is correct, another tangential retro-maneuver is performed to decrease
the period of the second satellite to that of the first. A similar sequence
of maneuvers can be performed for all the satellites in the same orbit plane.

. Thg secend, or circularizing, trim phase consists of a maneuver, or
set of maneuvers, which affect the eccentricity of the orbit but not the
period. These maneuvers, if small, are applied normal to the velocity
directior, at the point of application. Thus, the energy and, hence, the
period of the satellite orbit will not be altered. There will be two
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positions on the orbit where the circularizing maneuver must be made. These
will be at the points where the radial distance will be equal to the semi-
major axis of the orbit.

Once the satellites are positioned and the orbit circularized, which
may take many -ays, the phasing and the orbital elements will be affected
by the moon, earth, and sun perturbations, as discussed in the previous
section. The most important element in the consideration of satellite
phasing will be eccentricity. In particular. since the angular rate of
the satellites will not be constant for eccentric orbits, the phase angle
between adjacent satellites will increase to a maximum and decrease to a
minimum during each orbi:al revolution. The higher the eccentricity, the
larger will be this variation. Thus, there may be a particular value of
eccentricity above which the operational requirement of continuous coverage
is violated. It is obvious that this boundary value of eccentricity will
depend on the overlap coverage of two consecutive satellites. For a system
of three satellites per orbit plane, the overlap may be minimal and, hence,
the tolerable eccentricity will be low. For a system of six satellites,
the overlap will be greater so that a higher eccentricity is acceptable.
it is assumed here that the system has not been designed at the limit;
i.e., where acceptable coverage i3 obtained only for a system whose satel-
lites must be exactly phased and in a precise circular orbit,

The analysis of the effect of eccentricity on phasing begins with a

" relation between the time in the orbit and the angle from perifocus. In

Figure 27, this angle is shown as n. The time in the orbit can be represented
by the mean anomaly, M, which is given by

enT

M= =—

where P is the period of the orbit and T is the time on the orbit. Thus,
for a single revolution, the time T = P and M = 2n.

-ﬂ

APOFOCUS PERIFOCUS

FIGURE 27, IN-PLANE ANGLE. DEFINITION
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For several satellites on the same orbit, it is assumed that they are
equally spaced in time. That is, if there are N satellites, then the time
for any one of them to reach the position of the succeeding one will be,

P
or,
m= %3- ' (2)

In terms of the mean anomaly, the angle from perifocus is given by
(:Esee Reference 44),

n=M+2e sinM+%e2 SiﬂZM""}%é’Sihf’M*... (3)

Then the phase angle between two consecutive satellites will be
tn = (My - My) + 2e(sinM, - sinh)) + 3e? (sin2M, - sin2M,)
+ l§e3 (sin3M, - sin3M )v+ | (4)
12 2 1 "o

where M, is the mean anomaly of one satellite and M, = M] + m is the mean
"anomaly of the second.

Now, if it is desired to find extremums of An, then equation (4) can
be differentiated with respect to M] and thkis derivative set equal to
zero, or

A
aﬁf-= 0 = 2e(cos M2 - COS M]) + g-e?(cos 2M2 - COS ZH])

(ié : + l%- 3(cos3M

Two extromums exist and these are when

Q.

9 " cos3M]) + ... (5)

m _m
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This is seen by noting that each term in parenthesis of equation (5) is
of -the form '

cos( M) - cos(- m) =

and

cos(kn + %ﬂ) - cos(kn - %E) =

In addition, sample calculat1ons will show that extremm (1) above is a
maximum and extremum (2) is a minimum,

Then, substituting extremum (1) into equation (4) gives

A"max =m + 4e gin(g) + %-ez sinm + %§-e3 sin %@.+ ... (7)

Similarly, substituting extremum (2) into equation (4) gives,

Bpip =M - 4e s1n(§) + ?-ez sinm - %§-e3 sin %¥-+ ... (8)

‘where
sin(k(r + 37 - sinlk(r - NI = (- N¥sin
and k is an integer.
In this analysis, the range of eccentricities of interest are

assumed to be 0 < e< 0.1, so that the above four terms in equations (7)

and (8) should yield sufficient accuracy. These expressions for the
) : o ]
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phase angle extremums have been evaluated for a set of 2 to 6 satellites
and are given below. In addition, the extreme deviations of the phase
angle relative to the nominal value of phase angle is shown in Figure 28.
This figure may be used with the coverage analysis of Part III and the
lifetime analysis of the previous section to determine:the times that
trim maneuvers to correct for eccentricity must be made. Evaluating
equations (7) and (8) for a specific number of satellites gives, in
radians,

ano= w4 de - 21675
for N = 2
An o = w - de + 2.167¢5
By, = —§1 + 3.468e + 2.165¢2
for N =3

an_. =2 _ 3.464e + 2.16502

min 3 * oo
Ao, =F +2.828e+ 2.5¢2 + 1.532¢°

o for N=4

o, =X - 2.828e + 2.5¢% - 1.532°

nm.m '2‘ . . . -

2 3

an . = 8L + 2.35le + 2.378¢% + 2.061e

| for N=5
bngin = BL - 2.351e + 2.378e? - 2.061e®
bno, =3+ 2 42,1657 + 2.16‘7e3
for N=6
bn.o =% - 2+ 2.165% - 2.167¢3
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It is interesting to notice in Figure 28 that the system with a
greater number of satellites can accept a greater variation in eccentri-
city than a system with a lower number, for a given phase angle deviation.
Thus, if the deviation limit is 10 degrees, then the upper limit of
eccentricity for a six satellite system is .08, whereas the upper 1limit
for a two satellite system is only .044. To obtain these values, the
maximum deviation (upper) curves of Figure 28 were used here, since these.
represeﬁf greater deviations from the nominal value at a given
eccentricity. Also, the upper curves represent an increase in phase angle

(“ which will result in a decrease in the coverage overlap.

Using this same example and referring to the eccentricity variation
curve of Figure 26, it is seen that for a polar satellite system of 6000
nautical mile altitude, an eccentricity of .08 is reached after about 0.56
years, or 200 days. This is for the six satellite system whose phase
angle deviation limit is 10 degrees. Thus, after 200 days, the circular-
izing trim maneuvers discussed above would have to be applied to each of
the six sate]lites: '

With the data generated thus far, it is also possible to estimate
the velocity requirement for the circularizing trim maneuver. Figure 25
gives the circular velocity of a lunar satellite as a function of
altitude. This also happens to be the velocity on the ellipse (perturbed
orbit) where the trim maneuver must be made. This circularizing maneuver
must be made such that the velocity magnitude does not change and its
direction is perpendicular to the position vector. The true anomaly of
the trim maneuver can be found by solving the conic equation,

2
r= =) ()

" T +ecos n

for n when r = a. This gives
cos n=-e, sinn= Y1 - e? (10)

This value of true anomaly may be substituted into the general expression
for the flight-path angle, y, which is '

tan y = £330 0 (1)

1+ecosn
Substituting equation (10) into this gives,
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tany=e]'§2= €
A 1-e" 1 - e
This implies, however, that
siny =
or, for low values of e, .
y ¥ e (radians) (12)

Thus, if e < 0.1 then y < 5.73 degrees. The velocity requirement
is then obtained from the equation

av = 2V, sin %
where'vc is the circular velocity shown in Figure 25. For small angles,
this can be approximated by,

o=y
or, using equation (12),
AV = eV, | | (13)

Considering the example above, where the satellite altitude is 6000
nautical miles and eccentricity is .08, Figure 25 gives a circular velocity
of V, = 2300 feet per second. Then, using equation (13), av = 184 feet
per second. This maneuver could be applied after 200 days of operation,
when e reaches .08, to circularize the orbit, allowing it to operate
within the deviation 1imit of 10 degrees for another 200 days. This
maneuver would have to be applied to each of the six coplanar satellites
in the system. ‘

Thus far, only the most direct method has been considered for
performing the circularizing trim maneuver. That is, the maneuver is
made only when the satellite system is about to violate an operational
constraint. The question arises: Is it possible to perform this maneuver
more often (prior to any violation) and obtain a savings in propellant
over the lifetime of the system? The answer is definitely yes.” The
reason is that the perturbing forces have a greater effect on an orbit of
greater eccentricity over the same period of time, whereas she AV
requirement, as shown by equat1on (13) increases linearly with
eccentricity. '
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For example, in Figure 26, for the 6000 nautical mile polar orbit,
the eccentricity increases from .001 to .007 in about 100 days. Then,
using equation (13), the AV required for circularizing would be 16 feet
per second, or 32 feet per second (two maneuvers) for 200 days, which is
considerably less than the 184 feet per second computed above for the
single maneuver. Introducing a greater number of maneuvers within this
200 day interval may reduce the total AV required further; however, two
factors should be kept in mind. First, Figure 26, as mentioned previously,
is based on a first order theory and, therefore the behavior of eccent+i-
city near zero, shown on this figure, may not be representative of actual
behavior. The rates of increase of eccentricity for larger values of
eccentricity shpu]d be representatibe, however. Second, the short period
effect of the earth can cause eccentricity to vary significantly in a 14
day period (about .005), so that it is the average and not the instantan-
eous value of eccentricity that is significant. Additional analysis is '
required to determine the frequency of the trim maneuvers which will
result in minimum total AV for the lifetime of a given satellite system.

Thus far, only first order effects on the satellite phasing have
been discussed. These effects are on the eccentricity of the orbit
which, in turn, affects the phase angle as described above. There are
also higher order effects on the phase angle which will increase the aV
requirement for phase angle control. For example, if two sateilites are
in the same 6000 nautical mile orbit about the moon, but phased 180 degrees
apart, the perturbations on each will be almost identical except for a
slight shift in the position of the perturbing bodies. That is, the
second satellite will arrive at the position of the first satellite about
18 hours later (the period is 36 hours). In this time, the earth will
have moved about 10 degrees relative to the orbit plane and the sun 0.75
degree. Thus, the perturbation on the second satellite will be slightly
different than on the first. This is a higher order effect whose
magnitude has not been calculated for this preliminary analysis. This
.effect will show up as a variation in all of the orbital elements,
including the semi-major axis; however, it is expected that the variation

will be slow compared with the first order variation of eccentricity of
Figure 26. It is anticipated that the only corrective maneuver required
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to maintain acceptable phasing will be on the semi-ﬁajor axis, which
affects the period. Thus, if one satellite acquires a reduced period and
has a tendency to catch up with the other, then it is necessary to
increase its period. This maneuver can be small since only a small
catch-up rate per orbit is required. That is, it may be quite acceptable,
operationally, to allow several months, after many revolutions, for one
satellite to catch up with the other. It is expected that a detailed
analysis will show this maneuver to require a small portion of the total
spacecraft AV budget.

4.  LAUNCH AND MISSION MODE CONSIDERATIONS

There are some trajectory and vehicle considerations, not discussed
in Subsection 2, which are concerned with the mission phase from launch
to LOI. The launch hardware and the operational constraints associated
with it can definitely impact on the satellite system finally chosen.

For example, the Centaur stage of the Atlas/Centaur vehicle has a restart
capability; however, the time of coast to second ignition is limited to
30 minutes, about a third of an orbit. This constraint, sometimes
referred to as a direct injection, will limit the lunar launch windows to
one opportunity per day and eight days per month. This compares with two
opportunities per day every day of the month for a full orbit coast
capability. In addition, this 30 minute coast constraint complicates the
launch guidance and decreases the optimum payload for certain launch days.
These problems are not insurmountable; however, they must be considered
and they may impact on the spacecraft design and the system configuration
finally chosen.

The Titan IIIC, on the other hand, has been successfully used
several times to launch multiple payloads into high earth orb-t. This
capability may be also used to launch several satellites into lunar orbit.
There are two mission modes possible for this situation. The first is .
that a single stage may be used to deboost all the satellites 1nto the
same coplanar orbit about the moon. For this mode, the individual

‘satellites would then have to perform maneuvers in orbit to get positioned

relative to each other. The second mode gives each spacecraft the ability
to deboost into lunar orbit. Greater flexibility is possible with this
mode. For example, if six satellites were launched with the same vehicle,
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then three could be placed in an equatorial orbit and three in a polar
orbit. Thus, a complete satellite system may be implemented with a single
launch vehicle. Only a moderate midcourse maneuver a few hours from TLI
would be required to place three of the satellites on a translunar
trajectory having a polar approach to the moon, assuming that an equator-
ial approach was targeted to at TLI. These midcourses, assuming that

they are performed by the individual satellites, could include a trans-
lunar flight time variation which would satisfy the required phase angle

. requirement. The disadvantage of this mission mode is that each satellite

must carry its own LOI propulsion system resulting in a lower total
useful payload, compared with using a single stage for LOI.

5. SUMMARY AND CONCLUSIONS

The trajectory and vehicle considerations discussed in this report
are important to the feasibility and design of a lunar communications
satellite system. In particular, the TLI and LOI velocity requirements
presented in Subsection 2 are required in establishing the payload in
lunar orbit. Figure 23 indicates that this payload will increase for
longer translunar flight times (up to 130 hours) and {s fairly independent
of the lunar orbit altitude and inclination. Figure 24 indicates the
location of the node at the time of LOI. This can be important if a
certain relation with the sun is desired in order to influence its
perturbative effects.

The results of Subsection 3 indicate that satellite stability and
phase control can be handled with reasonable midccurse maneuvers. It is
pointed out that the most important perturbative effect of the sun and
the earth is on eccentricity and that this effect is exponential with
time. Thus, it is concluded that frequent circularizing adjustmen;s to
the satellite orbit will result in a lower total velocity requirement
than adjustments made only when a coverage constraint is violated.

Since eccentricity affects the phase angle between consecutive
satellites in the same orbit, an analysis is presented in Subsection 3
to quantize this effect and to determine the trim AV maneuver requited to
correct it. The result has been applied to satellite systems of up to
six satellites and is presented in Figure 28. Combinidg this data with
the coverage analysis of Part III will'indicate that, for some systems,
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the phase angle deviations are within the coverage overlap requirements
and, therefore, the continuous communication requirement is always met.
Once the optimum configuration has been chosen, it will be necessary
to perform more detailed analysis of the following:
(1) Study of frequency and length of lunar occultations.
(2) Perform detailed analysis of orbit stability and phasing decay.
(3) Investigation of optimum (minimum aV) technique to maintain or
correct phasing between satellites
(4) Development of daily launch windows and yearly launch
opportunities to maximize payload in lunar orbit.
(' S (5) Investigation of midcourse velocity requirements for accurate
lunar orbit insertion. .
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V. ERP AND ANTENNA GAIN SPECIFICATIONS FOR LUNAR COMMUNICATIONS SATELLITES

1. INTRODUCTION

Part V presents the analysis and conclusions of lunar commun-

ications trade-off studies pertaining to communications 1ink margins in
determining the satellite parameters of effective radiated power (ERP)
and the receive antenna specifications. (See Figure 29.)

The analysis adheres to the ground rules and parameters specified
by NASA/MSC/TCD and are stated in Appendix A. The method of analysis
utilizes the Apollo communications math model of Reference 5-1 and certain
trigonometric relationships of earth, moon, and satellite to establish
maximum expected communication ranges. This entire model, ranges and
communications, is explained in detail in Section 3.

The parametric analyses contained in Section 4 were performed
using an SRU 7108 program which is described in Reference 5-2.
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2. CONCLUSIONS

The analysis discussed in Section 4 using the math model of
Section 3 and parameters of Appendix A concerns the determination of
required lunar orbiting satellite antenna receive gain and transmit
radiated power. The results to date consider only the effect of IF
bandwidth and the required SNR in this bandwidth.

Two distinct systems were analyzed--current Apollo and modified
Apollo. The basic differences between these systems include: (See
Pppendix A.) )

a) MSFN - satellite link transmit frequency.

b) Required SNR improvements at vehicle and MSFN.

¢) Increased vehicle transmit power.

d) Improved noise figures at vehicle, satellite, and MSFN.

For each of the systems, three separate modes of operations
were analyzed.

These are:

1) Wideband with High Gain Antenna.
2) Narrowband with Omni Antenna.
3) Narrowband with High Gain Antenna.

Based on the éssumptions listed below for lunar orbiting satellites,

Number of Satellites . 3
Satellite Altitude ‘ 4500 n.m.
Vehicle Altitude 60 n.m.
Lunar Surface Overlap Angle : 30 degrees
Vehicle Elevation Angle to Lunar Surface

Grazing Plane 5 degrees

application of the trigonometric relationships derived in Section 3.1

result in the following maximum ranges:

Range (MSFN-satellite) - -~ 215320 n.m.
Range (satellite-vehicle) 5621 n.m.
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Use of these maximum ranges, the parameters listed in Appendix ’
A (Ground Rules) and the math model of Section 3 allows the predictions

shown in Figures 30 and 31, These figures show the useable range of

combinations of satellite effective receive gain and effective radiated

power necessary to achieve the required effective signal to noise ratios

at the vehicle or MSFN.

Assuming parabolic antennas, Table 3, Page 5-13, illustrates the ..

antenna specifications and power outputs of a satellite system necessary to
achieve the required SNR at the vehicle for selected combinations of

ERP and receive gain using the modified system. (See the example in
Paragraph 2.1.2.)

2.1 Required Antenna Gains

The relationship of lunar relay satellite receive gain and
effective radiated power were. analyzed by means of the “Lunar Communi-
cations Satellite Analysis Program (SATCOM) HVO25A", (Ref. 5-2) and the
results are reported in Section 4. Use of the program resulted in
generation of a series of plots of terminal receiver IF Bandwidth ‘!’
signal-to-noise ratios versus satellite effective radiated power for
families of receive gain curves. The receive gain curves are in 5dB
increments increasing in gain from bottom to top of the graph. The
bottom curve is labeled in db of gain and the horizontal line across the
graph is the required IF SNR for that system (see Appendix A). Thus,
any combination of effective receive gain and radiated power on or above
this horizontal line will produce positive IF margins in the terminal

receiver (vehicle or MSFN). Figures 36 through 47 provide satellite ERP vs
received SNR curves for different systems and antenna combinations listed as

"cases" in Table 4, Page 5-32,

A pair of plots describe an uplink and downlink for each case.
Figure 36" and 37: are the uplink and downlink plots respectively for
case No. 1 of Table 4, Each curve in the receive gain family has a
flattening shape with increasing radiated power. This shows a constant
upper limit in received SNR and is due to the satellite transmitted SNR
being the upper limit obtainable in the vehicle (or MSFN) receiver.
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Also, increasing the satellite receive gain for a constant satellite

effective radiated power will reach an upper limit of receive gain,

above which no increase in terminal rcceived SNR is obtainable, This is caused
by the 1imiting of the terminal receiver noise,

In order to make the information more useable, the series of
plots presented in Section 4 have been consolidated into four plots
(Figures 30, and 31) showing satellite effective receive gain and
effective radiated power combinations necessary to produce the required
SNR at the terminal receiver (lunar vicinity vehicle or MSFN).

In each figure, two graphs are presented for the uplink case and
the downlink case. The uplink graph presents two vehicle antennas--
high gain and omni. The areas above and to the right of each data 1line
represents the possible combination of satellite receive gain and effective
radiated power which will provide positive circuit margins in the vehicle
IF bandwidth. A crosshatched area represents combinations of receive gain
and radiated power which are not useable for either vehicle antenna.

The downlink gréph presents three cases of vehicle antenna and
bandwidth. Again, a crosshatched area represents combinations which
are not useable in any case.

As noted above, there are limits above which increases in
satellite ERP produce no increase in terminal receiver SNR, for a
given satellite receive gain, The satellite receive gain curve (-22db

curve in Figure 36 ) which produces the minimum terminal SNR required
becomes a line of minimum useable satellite gain in the consolidated plots

for that system (Figure 3Q, upper figure). At-the other extreme, the
limit is approached where further increase of satellite receive gain
results in no increase in terminal receiver SNR for a given satellite
ERP. This point is noted at the intersection of the line where the
lower values of the increasing satellite receive gain curves "stack up"
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on each other and the minimum required terminal receiver SNR line
(approximately 59 dbm ERP in Figure 36,). This results in the line

of minimum useable ERP shown as the vertical line in the upper figure

of Figure 30, Since this point (refer to Figure 36) does not coincide

the required SNR line (-6.8 db), it appears that the 1ine of minimun sat-
ellite ERP and minimum satellite receive gain (Figure 30) do not intersect
but are joined by a continuous curve. Points on this curve are obtained

by noting (Figure 36 again) where the satellite receive gain curves greater
than the required minimum (-22 db) intersect the required terminal receiver
required SNR. (Three of these points in Figure 36 are: receive gain =

-20 db, ERP = 72 dbm; receive gain = -15 db, ERP = 65 dbm, and receive
gain = -10 db, ERP = 61). These points are then plotted in Figure 30
and joined by straight linzs. It, thus, appears that the radius of

the curve joining the minimum ERP 1line and the minimum receive gain line
depends upon the required terminal receiver SNR (for a given system).
For instance, if the required SNR in Figure 36 were +4db, the minimum
satellite receive gain curve of -10db would intersect the required SNR
line, at approximately 84 dbm and the minimum ERP point would be approx-
imately 72 dbm,resulting in a radius for the curve joining the minimum
satellite receive gain line and the minimum ERP 1ine of approximately

12 db (instead of the approximate 17 db in the actual case when the
minimum SNR required is -6.8 db).

Table 2 1lists the minimum.requirements for the Apollo and
modified systems for the uplink and downlink cases, including an emer-
gency VHF voice link between the lunar vicinity vehicle and the lunar
orbiting satellite, and an emergency downlink baseband voice system.
The parameters used in calculating these emergency links are those used
in the present Apollo CSM-MSFN system, where applicable. The arrangement
of the tables allows comparison of the two systems requirements for different
satellite antennas. Another factor to consider in comparing these tables
is the frequency differences on the MSFN-satellite link. The Apollo

system uses S-Band and the modified system uses X-Band (both use S-band on the
satellite~-lunar terminal 1ink), This difference will account for an antenna

gain difference of 11 to 12 db assuming the antenna diameter remains éonstant,
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Table 2, Comparative Analysis of Apollo and Modified Systems
: Relay Satellite Antenna Requirements
5 Vehicle satellite Satellite
f Link Antenna |Bandwidth HMin. Req'd Rec. Gain|Min. Required ERP
é Apollo | Modified | Apollo | Modified
% (;, MSEN to S-Band Omni Backup +72.5 dBm|+62.0 dBm
! Vehicle Voice -33.6 dB| -33.8 dB .
: - |S-Band HGA | (3 KHz BW)| (S-Band)| (X-Band) | +48.5 dBm{+38.0 dBm
S-Band Omni #14.8 dB| +7.4 a8 | ,
g Vehicle Baseband +28.5 dBn|+24.4 dBn
: to MSFN (3 KHz BH) (S"Band) (X-Band)
° S-Band HGA -12_.2 dB| -20.6 dB
MSFN to -20.0 dB| -20.0 dB
| Vehicle |VHF omni 3 KHz (S-Band)| (X-Band) | +71.1 d&q~+68.1 dBm
Vehicle +22.0 dBm| +22.0 dBm
to MSFN |VHF omni 3 KHz +8.6 dB | +8.4 dB | (S-Band) | (X-Band)
S-Band Omni +84.0 dBm +72.0 dBm
o so 4.8 MHz | -22.0 dB| -22.0 dB '
S-Band HGA (S-Band)| (X-Band)| +59.0 dBm +47.0 dBm
S-Band Omni +40.0 dB| +32.0 dB| +49.0 dBm +49.0 dBm
¢ Vehicle 4.8 Mz
- to MSFN [S-Band HGA +13.0 dB| + 4.0 dB| (S-Band) | (X-Band)
+060. m +6Z.0 dbm
S-Band HGA | 5.3 MHz +30.0 dB| +19.0 dB| (S-Band) | (X-Band)
| v

NOTE: Values are based on the parameters given in the ground rules
(Appendix A), and presently accepted Apollo parameters, where
applicable, | |




2.1.1 Example 1

To determine if a satellite antenna system will produce positive
margins on both the uplink and downlink, the following procedure is

needed:

1)
2)
3)

4)

5)

Assume a vehicle antenna-omni.
Assume a system-Apollo.
A point is then chosen in the useable portion of Figure .30
(Apollo) uplink above the omni curve.
Eff. Receive Gain = 20 dB
Eff. Radiated Power = 84 dBm
The effective radiated power is composed of an antenna gain
and a transmit power. The antenna gain may be assumed to be
effective receive gain for the downlink. Referring to the
downlink graph of the same figure, the useable region for the
Narrowband Omni would dictate an effective receive gain of
greater than 40 dB. If we choose a point in this region, say:
Eff. Receive Gain = 45 dB
Eff. Radiated Power = 55 dBm
The satellite transmit power on the uplink will be:
Eff. Radiated Power - Antenna Gain or,
+ 84 dBm - 45 dB = +39 dBm = 7.9 watts.
The downlink effective radiated power is also composed of
transmit power and antenna gain. Assuming this antenna gain
to be the same as the urlink effective receive gain, the
required satellite transmit power on the downlink will be:
+55 dBm - 20 dB = +35 dBm = 3.2 watt.

Uplink

Down14nk




2.1.2 Example 2
Another example, using the modified system, is calculated for

the omni antenna.

1) From Figure 31, a point is chosen on the uplink graph
above the omni curve;

Eff. Receive Gain = +40 dB (X-Band)
Eff. Radiated Power = +75 dBm (S-Band)
2) From the downlink graph of Figure 31, a point is chosen
above the omni curve;
Eff. Receive Gain = +35 dB (S-Band)
Eff. Radiated Power = +70 dBm (X-Band)

3) The required satellite S-Band transmit power is then;
+75 dBm ~ 35 dB = +40 dBm = 10 watts.

4) The required satellite X-Band transmit power is then;
+70 dBm - 40 dB = +30 dBm = 1 watt.

2.1.3. Comparison of Example 1 and Example 2

At first glance, it would appear that Example 2 indicates that
the S-band transmit power requirement for the modifiea system is

'greater than that for the Apollo (S-Band) system. However, this

results from the particular satellite receive gain - ERP point chosen
for Example 1, which, though allowable, was not very realistic in terms
of required antenna size. The antenna gains for the modified system
are more realistic; i.e.,

S-Band gain = 35 dB (req. parabolic ant, size ~ approx-
imately 10.5 ft.)

X-Band gain = 40 dB (req. parabolic ant. size - approx-
imately 5 ft.)

whereas, the Apollo system vehicle-satellite gain is less realistic; 1.,e.:

Vehic1e-5ate111te Link = 45 dB (req. parabolic ant.
size approximately 33 ft.)
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2.2 Satellite Antenna Specificatibns

Having determined allowable satellite antenna gain for a commun-
fcation system, the choice of hardware available to provide the required
gain is quite broad. Appendix B is a compilation of state-of-the-art
information on antennas and RF power amplifiers for use in satellite
systems.

Since parabolic refiectors are current, proven antenna design
for space applicatiuns; Table 3 "shows antenna beamwidths and diameters
(;; ‘for parabolic antennas to satisfy the conditions of the exampie in
' paragraph 2.1.2, with assumed ctrcuit losses of 2 dB (S-Band) and 5 dR
(X-Band) added to the derived antenna gains. (Inasmuch as each antenna ‘
is used for both transmission and reception, the antenna gains were increased
to account for the assumed losses, rather than increasing the RF power outputs),
Table 3 also shows antenna specifications for use with lunar vicinity vehicles
using high gain antennas as well as omnis, It is obvious that an antenna .
system which satisfies the omni case will be sufficient for use with high
gain antennas.
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Table 3. Satellite Parabolic Antenna System Specifications-
Modified System

Vehicle PA Qutput Antenna Antenna Antenna
Antenna Power Gain ‘Frequenzy | Efficiency {3dB Beamwidth Diameter
Omni/ 10 watts | 37 dB | 2300 MHz .55 2.27 deg. 13.2 feet
Narrowband 1 watt 45 dB 8500 MHz .55 . 0.91 deg. 8.9 feet
v
w ]
High Gatn/ 1 watt 22 dB 2300 MHz .55 12.8 deg. 2.35 feet
Narrowband 0.1 watt 35 dB 8500 MHz .55 2.9 deg. 2.8 feet
High Gain/ 0.25 watt 28 dB 2300 MHz .55 6.4 deg. 4.7 feet
Wideband 0.32 watt 35 d8 8500 MHz .55 2.9 deg. 2.8 feet




3. MATHEMATICAL MODEL

The lunar satellite communications parametric analysis is accomp-
1’shed by a computer program operating on the SRU 1108, This program has
two phases of operation; 1) uplink communications from earth MSFN station,
via the lunar satellite, to the lunar vehicle, and 2) downiink communications
from the lunar vehicle, via the lunar satellite, to the earth MSFN station,

The program is capable of analyzing; 1) lunar surface or lunar
orbiting vehicles, 2) any system of ‘lunar satellites described by quantity
and lunar surface overlap angle or libration satellites, and 3) any parameters
of the vehicle, satellite, and MSFN station which concern communications.

The method of operation initially computes the communications
ranges, satellite to vehicle ard satellite to MSFN station, Using these
ranges, uplink and downlink communication computations are madec. For each
phase, the satellite signal-to-noise ratio is computed; then, the receive
terminal, vehicle or MSFN, signal-to-noise ratios are computed. These calcu-
lations are then plotted as effective signal channel SNR versus satellite
erfective radiated power for a family of satellite receive gains.

3.1 Communication Ranges

The communication ranges are for use in calchlating the total re?
ceived power on a particular link and are derived from the simple trigono-
metric relationships among the earth, satellites, moon,. and vehicles.

3.1.1 Satellite Altitude Above the Lunar Surface

The satellite altitude depends on the numher of satellites, the
coverage overlap angle on the lunar surface (in the orbital plane). and the
elevation look-angle from vehicle horizon to the satellite, :

Referring to Figures .32 , and 23, the warivation proceeds: The angle
6 is derived from the coverage overlap angle, a, and the number of. satellites,
N, as: '
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but, for maximum satellite to vehicle range;

AR C
then,
reoslrea) f(ieE)
_ . a
VS0 s (3)
- ] ] a .
o< rlz-y)- (1 *7) (4)
By the Law of Sines,
sin € _ sin(y6 + ) _sin e (5)
Rmax ' —ﬁh +h Rm
where Rm = radius of moon
h = satellite altitude
€ =-vehicle elevation look angle
. - . L
and, (Rm + h) sin 0 = Rm sin (-7—'+ e]) (6)
[sin (& + ;) - sin 8] :

sin 6

3.2.2 Range to Lunar Surface Vehicle

Referring again to Figures 32, and 33 , the maximum fange from to
satellite to lunar surface vehicle is, '

RoxSin © = R sin (ﬁ— + g—) N (8)

¢
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R sin (ﬂ?-+ ° )
_ 'm N 7
Rmax B sin o | (9)

3.1.3 Range to Lunar Orbiting Vehicle

The case of a lunar orbiting vehicle is similar to that of a sur-
face vehicle; however, the vehicle is placed at a fixed altitude above the
mean lunar surface, Referring to Figure 34; the derivation of communica-
tion range proceeds using the vehicle altitude, hv’ and the vehicle eleva-
tion angle from the lunar surface grazing plane, €y

From Figure 34,

. R

. m

SIHGZ'W (10)

By the law of sines, sin (6, + &)  sin C (M)
R, +h Rt hy

where h = satellite altitude

then ,
’ IRm"’hv

6] = sin W *Sin (02 + e]) | (]2)
and, for the larger triangle,

6y = m - (e] + e, +_e1) | (13)

Again, by the Law of Sines,

sin 6 sin (0, + €,)
Rmax i%1+ h
hence,
Rpax = (Rp + 1) o5 o, + €7) (15)
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3.1.4 Range from Satellite to MSFN Station

The maximum range from satellite to earth is shown in Figure 35,
as R] + R2 + R3.

The angle, 81s is given by Equation 4 when €y is zero, so as to
make R3 the grazing distance from satellite to lunar’'surface, as,

S TR (16
where; o = satellite coverage overlap angle.
R3 = (Rm + h) sin (90 - e])
= (Rm + h) cos &, ‘ - (7)
By the Law of Sines,
.1 R 1 Eé_ 1 R

B = sin w2 = sin = sin” € (18)
%2 g D_-D |
m 2
where: Dm = mean distance earth to moon = D1 + 02
8y =0 +8 _ (19)

NOTE: Minimum orbital plane separation, such that one
of the two orbits is completely v1sib1e from
earth at all times, is 2 60

By similiar triangles,

I‘R +R
B = sin t (20)
then, Ry + Ry = (R, + R ) cot g {21)
- ’ R R
= (R, + R ) cot {sin"l ( e’ m) } (22)
_ ﬁm , .
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Hence, the maximum distance from earth to satellite 1is

R(e-s)max =Ry +Ry*+ Ry
-1 (R + Ry |
= (Re + Rm) cot {sin (-—ﬁ;——-)}+-(km + h) cos 0 (23)

3.2 . Uplink Modulation Loss

The uptink, MSFN-to-vehicle via satellite, modulation losses are
calculated for each information service; including carrier, voice, updata, and
ranging, The calculations use the uplink PM modulation indices for ranging
(¢), updata (MTM), and voice (MV).'

3.2.1 Uplink Carrier Modulation Loss

2 2 2
Lm/cu = CoS ¢ © Jo (MV) » Jo (MTM) (24)

3.2.2 Uplink Voice Modulation Lcss

2 2 2
Lm/vu-= Zocps Q'J] (MV)-J0 (MTM) (25)

3.2,3 Updata Modulation Loss
2 2 2 '
= 2ec0s $0J, (My) o J (MTM) (26)

Lm/tu

3.2.4 Uplink Ranging Modulation Loss

2 2 2
Lm/ru = sin ¢odo (MV)-Jo (MTM) (27)

3.3 Satellite Uplink Received Signal-to-Noise Ratio

The satellite received signal-to-noise ratio is calculated in a
series of steps beginning with the calculation of total received power.at the
satellite from the MSFN station. The calculation of satellite receiver noise
is then made and divided into the received power,

3.3.1 Total received Power

PG, G .
ttr 2
P = : (28)
rs 4nR2 4n .
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where; Pt is MSFN transmit power

G, 1is the MSFN transmit antenna gain (including losses)
Gr is satellite effective receive gain

R 1s communications range from MSFN to satellite

A is wavelength of received carrier frequency

3.3.2 Received Carrier Power

P =P

(o3 rs * Lm/cu (29)

3.3.3 Satellite Receiver Noise Power

P ='k'(A+B'APcs). BNI (30)

F

k s Boltman's constant (1,38 x 10'23)

A is satellite system noise temperature
B is satellite receiver AGC noise factor
BW;p is satellite transponder IF bandwidth

where;

3.3.4 Satellite Received Signal-to-Noise Ratio

P

SNR_ ., = =<2 | (31)
sat Pns

NOTE: The satellite transmitted SNR is assumed equal
to the satellite received SNR

3.4 Vehicle Effective Uplink Received Signal-to-Noise Ratio (IF Bgndwidthl'

The effective received SNR considers the transmitted SNR to obtain
the true IF signal-to-noise ratio. The total received power is calculated at
the vehicle receiver; then, the transmitted signal-to-noise ratio is applied
to obtain the total effective signal power received. The vehicle receiver
noise power is increased by the amount of noise power transmitted to obtain
the total noise power. The ratio of these is the effective IF signal-to-
noise ratio, o
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3.4.1 Vehicle Total Received Power

P.G.G 2
p =ttreld

rv 4“§2" 4n r

where; Pth is the satellite effective radiated power

Gr is the vehicle receive antenna gain
R is the satellite-to-vehicle communication range
A is the wavelength of the received carrier
Lr . is the combined recéive antenna system losses
3.4,2 Vehicle Total Effective Received Signal Power
B
Prvieff) = Prv’ P""?F"
ns (3
where; Pcs is the satellite transmitted signal power
PnS' is the satellite transmitted noise power
3.4.3 Vehicle Received Carrier Power

Pcv = Prv. Lm/c,;s

3.4.4 Vehicle Receiver Noise Power

an = ke (A + BPPCV)-BNI

where; k is Boltzman's constant

| " A is vehicle receiver system température
B is receiver AGC noise factor
BwIF is the IF bandwidth

F

3.4.5 Vehicle Total Effective Noise Power

. ns
an(eff) an v Py

cs ns
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3.4.6 Vehicle Effective Received Sianal-to-Noise Ratio

P
= rvieff
SNR o1 P_L—)' ' (37)

nv(eff)

3.5 Uplink Carrier Channel Effective Signal-to-Noise Ratio

The carrier channel effective SNR is obtained from the effective
received carrier power and the effective noise powe: in the carrier loop
bandwidth,

2,5.1 Effective Received Carrier Power

Peteff) = Prv(eff)® tm/cu (38)
3.5.2 Effective Carrier-Loop MNoise Power
ch
Pac ™ EW;;" Pav(eff) (39)

where; ch is the carrier loop bandwidth
3.5.3 Effective Received SNR-Carrier Channel

p

nc

3.6 Upvoice Channel Effective Signal-to-Noise Ratio

The voice channel effective SNR is obtained in a similar manner
to the carrier channel effective SNR (above) but using the voice channel
predetection bandwidth, awv, as

SNR

oW P o L
IF , _rv(eff) “m/vu
v(eff) E“ nv(eff) - (4])

3.7 Updata Channel Effective Signal-to-Noise Ratio

B"’IF Prvieff)® Lm/tm (42)

nv(eff)

SNR

u(eff) =
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3.8 Transponder Turnaround Modulation Indices

The transponder turnaround modulation indices, o, B, X, &, are
computed for every uplink SNR as satellite receive gain and effective radi-

ated power are varied.

3.8.1 Transponder Turnaround Ranging Modulation Index

e |
as TRCO(ﬁ—-S-IWE-I-;) o sin ¢ o9, (mv)  J (mtm)

where; TRC is the transponder ranging gain constant
SNR;e 1is the transponder IF bandwidth
¢ is the uplink ranging modulation index
mv is the upvoice modulation index
mtm  is the updata modulation index

3.8.2 Transponder Turnaround Updata Modulation Index

1/2
SNR;

g =2TRC '(-' T gw”:) * COS¢ OJO(NV) ° J-| (th)

3.8.3 Transponder Turnaround Upvoice Modulation Index

SNR 1/2
A= 2¢ TRC -(ﬁ%——) ® COS$e Jl(mv)- o (mtm)

IF

3.8.4 Transponder Turnaround Thermal Modulation Index

/2 g2emu \ 2
¢+ 1o [ rto) (w—')
\ IF IF

where; Bwr is the transponder video bandwidth

BW is the transponder IF bandwidth

IF
3.9 Downlink Modulation Losses ' ’

(43)

(44)

(45)

(46)

The downlink, vehicle-to-MSFﬁ'via sateilite, modulation losses are
calculated for each information service; including carrier, voice, telemetry,
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and ranging., The calculations use the PM downlink modulation indices and
the turnaround modulation indices. Two cases are allcwad; 1) with voice
on subcarrier, and 2) with voice at baseband (no ranging).

3.9.1 Downlink Ranging Modulation Loss

Lu/od = sinasd (mv)e J°2 (mtm) -JOZ(B)- Joz(x)-doz(g) (47)

3.9.2 Downlink Modulation Losses with Voice on Subcarrier

(f ' 3.9.2,1 Downlink Carrier Modulation Loss

Ld}cd = coszu'-Joz(mv)-JO2 (mtm) o Jo2 (B)-Joz(x)° JOZ(E) . (48)

3.9.2.2 Downlink Voice Modulation Loss

Lm/vd =2 0C05200J]2 (mv)-J02 (mtm) o JOZ(B)«-Joz(A)-Joz(s) (49)

. 3.9.2.3 Downlink Telemetry Modulation Loss

Ly/eg = 22 €os wed (m)« 3, (mtm) « 9 “(8) o 3, °(1) 9,"(2)  (50)

3.9.3 Downlink Modulation Losses with Voice at Baseband

3.9.3.1 Downlink Carrier Modulation Loss

2 |
Lm/cd = cos (pemv) -Joz(mtm) (51)

where; p is the rms-to-peak factor for voice

(i; . 3.9.3.2 Downlink Voice Modulation Loss
“ L2 2 (52)
Lm/vd = sin (p e mv) oJO (mtm)

3.9.3.3 Downlink Telemetry Modulation Loss

. 2
Ly/td = 2 vcos” (o emv) o 3, (mtm) (53)

. - . 3,10 Downlink Satellite Received Signal-to-Noise Ratio

The downlink satellite received SNR is calculated in the same
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manner as was the uplink satellite SNR (refer to Paragraph 3.3.4):

3.10.1 Total Received Power

2

p - PthGr e A

rs Z zn
4nR

where; Pt is vehicle transmit power

Gt is vehicle transmit antenna gain including losses

" receive system losses)

R 1is vehicle-to-satellite range -
A is wavelength of received carrier

3.10.2 Received Carrier Power

Pes = Prs ® Lmyed

3.10.3 Satellite Receiver Noise Power

PS= ke (I\-i-BOPcs)'BWI

n F
where; k is Boltzman's constant
A is satellite system noise temperature
B is satellite receiver AGC noise factor

BNIF is satellite transponder IF bandwidth

3.10.4 Satellite Received Signal-to-Noise Ratio

P

SNR = . CS_
sat Pns

G is satellite effective receive gain (includes satellite

NOTE: The satellite transmitted SNR is assumed equal
to the satellite received SNR,

3.11 MSFN Effective Downlink Received Signal-to-Noise Ratio

3.11.1 MSFN Total Received Power

P.G.G 2
P = ttr, A

rm 4“R£ 4“
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A A A

R

where; Pth is the satellite effective radiated power
Gr is the MSFN receive gain including losses
R is the satellite-to-MSFN range

A is the received carrier wavelength

3.11.2 MSFN Total Effective Received Signal Power

P =P o
rm(eff) rm P * pns

3.11.3 MSFN Received Carrier Power

Pemn = Prm® Lmy/cd

3.11.4 MSFN Receiver Noise Power

an =k o.(A + B°Pcm)° BWIF
where; k js Boltzman's constant
A is MSFN system noise temperature
B is MSFN receiver AGC noise factor
BNIF is MSFN receiver IF bandwidth
3.11.5 MSFN Total Effective Noise Power
Pns
an(eff) Pt Pes + 5ns *Pem

3.11.6 MSFN Effective Received Signal-to-Noise Ratio

m an(eff)

3.12 Downlink Carrier Channel Effective Signal-to-Noise Ratio

BN e Prm(eff) ® Lm/cd

c(eff) ~ BW_ °

SNR D
c nm(eff)
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()

3.13 Downlink Voice Channel Effective Signal-to-Noise Ratio
BW

1F ., Prm(eff)® tm/vd

SNR & (65)
3.14 Downlink Telemetry Channel Effective Signal-to-Noise Ratio
BW P oL _
IF rm(eff) * ~m/bd v
SNR = . 3 (66)
3.15 Downlink Ranging Channel Effective Signal-to-Noise Ratio
BW.. = P L
_UTIF rm(eff) ® “m/pd
SNR = . = (67)
p(eff) §Wp an(eff) :
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4, 3&8&&3&5 OF SATELLITE ERP AND ANTENNA GAIN USING SATCOM COMPUTER

This section discusses the analyses performed to determine the
required satellite effective radiated power and effective receiver gain.
, Uplink and downlink computations were made for the six cases of Table 4
§ using the parameters as described in Appendix A. The common parameters
! for all cases include:

( ' No. of Satellites 3
. Vehicle Altitude (orbiting) 60 n.m. '
~ Range (MSFN - Satellite) 215320 n.m.
Range (Satellite - Vehicle) 5621 n.m.
i Lunar Surface Overlap Angle 30 degrees
% Satellite Altitude 4500 n.m.
§ . Vehicle Elevation Angle to
: Lunar Surface Grazing Plane 5 degrees

In each case a representative Apollo mode was used to determine
the satellite antenna requirements. This paper reports the analysis of the
effect of bandwidth and required SNR in this bandwidth on the satellite
antenna requirements.

Figure 36 through 47 present the results of the analysis as
obtained using the computer program described by Reference 5-2. These
plots are of required satellite effective radiated power versus IF bard-
width signal-to-noise ratio for a family of satellite effective received
gain curves. The receive gain curves are in 5 dB increments increasing
in gain from bottom to top of the graph. The bottom curve is labeled in
db of gain and the horizontal line across the graph is the required IF
SNR for that system (see Appendix A). Thus, any combination of effective
receive gain and radiated power on or above this horizontal line will
produce positive IF margins in the terminal receiver (vehicle or MSFN).

)
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A pair of plots describe an uplink and downlink for each case.
Figure 36 and 37 are the uplink and downlink plots respectively for
the wideband Apollo using the high gain antennas, case No, 1 of Table 4
listed below. Each curve in the receive gain family has a flattening shape with
increasing radiated power. This shows a constant upper 1imit in received SNR
and is due to the satellite transmitted SNR being the upper limit obtainable
in the vehicle (or MSFN) receiver, Also, increasing the satellite receive gain
for a constant satellite effective radiated power will reach an upper 1imit of
i receive gain, above which no increase in received SNR is obtainable. This is
caused by the limiting of the terminal receiver noise,

( The results of this analysis have been summarized in Section 2,
Conclusions. Figures 30 and 31 are curves of the intersections of
required SNR and the family of curves shown in Figures 36 through 47.

Table 4.  Summary of Link Usage
Case ‘System Bandwidth - Vehicle Antenna Apollo Mode
1 Apollo Wideband High Gain 6.2
2 Apollo Narrowband Omni | 7.10
3 Apollo Narrowband High Gain 7.4
4 Modified Wideband High Gain 6.2
5 Modified Narrowband Omni 7.10
6 Modified Narrowband High Gain 7.4
(
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SATELLITE RECEIVER GAINS

NARROWBAND MODIFIED SYSTEM - CSM-UPLINK (OMNTI)
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NARROWBAND MODIFIED SYSTEM - CSM-UPLINK (HGA)
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NARROWBAND MODIFIED SYSTEM - CSM~DOWNLINK (HGA)
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APPENDIX A
GROUND RULES FOR LUNAR COMMUNICATION
SATELLITE TRADE-OFF STUDIES

Emphasis on the tradeoff studies will be on lunar far side
communications for a 1975 launch date. PHO will undertake a study of
libration point satellite systems. TRW will undertake a study of low-
medium orbit satellite systems. Both PHO and TRW will apply the ground
rules listed in this report to the following areas of concentration:

1) Communication Coverage

2) Communication Link Margins (satellite ERP and antenna
specifications)

3) Station-Keeping

4) Lifetime

5) Deployment A

6) Listing of Advantages and Disadvantages

GROUND RULES

1. Communication Coverage ‘

The relay satellite shall communicate between an 85 foot MSFN
ground station and multiple Tunar vicinity communicatior systems located
beyond 1ine-of-sight of the earth on either the lunar surface or in a 100
nautical mile lunar orbit.

2. Communication Link Margins (Satellite ERP and Antenna Specifications)
The relay satellite ERP, antenna diameter, beamwidth, gain, and
losses, for downlink (lunar vicinity-to-satellite-to-earth) communications
shall be calculated for both a narrowband system (via a lunar vicinity omni
antenna or high gain antenna) and a wideband system (via a lunar vicinity
high gain antenna). The same information for uplink (earth-to-satellite-
to-lunar-vicinity) communications shall be calculated only for a narrow-
band system. A frequency translation repeater is assumed to be the basic
relay device Communication parameters to be used for both studies are
the following: ' | ' o .

A-1
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TABLE A-1, UPLINK PARAMETERS

APOLLO MODIFIED
COMMUNICATION COMMUNICATION
__SYSTEM SYSTEM
Parameter Omn1 Hi-Gain | Omni Hi-Gain Units
Ground Station transmitting frequency TFRMS 2.1 2.1 8.4 8.4 GHz
Ground Station transmitting power PTMSFN I 10 10 10 10 Kw
Ground Station transmitting circuit loss TLMSFN é 0.5 0.5 0.5 0.5 dB
Ground Station transmitting antenna gain RTMSFN l 52.5 52.5 64.5 64.5 dB
Satellite receiver circuit loss } 3 "3 2 2 dB
Satellite receiver system temp. (NF=3dB) ASAT 610 610 580 580 Ok
Satellite transmitter frequency TFUSAT ' 2.1 2.1 2.1 2.1 GHz
Lunar Vicinity receiver antenna gain GRVEH* -3 23 -3 23 d8
Lunar vicinity receiver circuit loss RLVEH 3 5 2 3 dB
Lunar vicinity receiver system temp. AVEH** 5685 5727 435 564 O
Lunar vicinity receiver SNR -6.8 -6.8 -6.8 -6.8 dB
Lunar vicinity receiver margin 0 0 0 0 dB
Uplink IF noise BW (Satellite and Lunar receiver)
BWIFSA & SWIFVE 4.8 4.8 4.8 4.8 MHz
R ——

»

(Omni antenna gain includes 3 dB multipath loss.

** Receiver noise figure is 13 dB for the Apollo system; 4 dB for tne modified system.
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TABLE A-2, DOWNLINK PARAMETERS

L 'Narrdwbahdw o Wideband
. Apollo Modified Apollo | Modified
Comm. Comm. Comm. Comm.
T System |  System System System
G Farameter Omni | Hi-Gain Omni Hi-Gain| Hi-Gain Hi-Gainj Units
Lunar Vicinity trans. freq. TFRVEH 2.3 2.3 2.3 2.3 2.3 2.3 GHz
Lurar Vicinity trans. power PTVEH 12 12 50 50 12 50 | watts
Lunar Vicinity trans. cir. loss TLVEH 3 5 2 3 5 3| dB
Lunar Vicinity trans. ant. gain GTVEH* -3 26 -3 26 26 26 dB
Satellite receiver circuit loss , 3 3 2 2 3 2 dB
Sat. Rec. System temp. (NR=4dB) ASAT ' 638 | 638 615 615 638 615 N
Satellite trans. frequency TFDSAT ; 2.3 2.3 8.5 8.5 2.3 8.5 GHz
Ground station rec. antenna gain GRMSFN 53 53 64.5 64.5 53 64.5 dB
Ground station rec. cir. loss RLMSFN | 0.5 0.5 0.5 0.5 0.5 0.5 dB
Ground station rec. system temp AMSFN** 209 209 207 207 200 | 207 | O
Ground station receiver required SNR | -2.4 | -2.4 -2.4 -2.4 6.5 6.5 dB
Ground station receiver margin ; 0 0 0 0 0 0 dB
Downlink IF noise BW (Sat. and ground) ' f
| BHIFMS & BWIFSA - 48 48 ! 4.8 4.8 | 5.3 5.3 | MHz

* Onni antenna gain includes 3 dB multipath loss
** Receiver noise figure is 0.8 dB for the Apollo system; 0.7 dB for the modified system




APPENDIX B
SURVEY OF APPLICABLE TECHNOLOGY

1.  ANTENNA TECHNOLOGY

1.1 Antenna Technology Summary
The results of a survey of the current state-of-the-art in
antenna technology for satellites are shown in Tables B-1 through B-5.

Tables B-1, B-2, and B-4 1ist high gain antennas; while
Table B-3 1lists primarily antennas with gains less than 20 dB. Table
B-5 contains information on antennas for some past, present, and future
NASA cemmunications satellites. These tables do not contain any infor-
mation on the current Apollo antennas.

Along the top of each chart are listed brief'descript1ons of
the information contained in the respective vertical columns. The
information contained in each horizontal row of the charts pertains to
the antenna listed in the "Type of Antenna" column. The source of this
information for Tables B-1 through B-4 is identified by consecutively
numbered references appearing in the "Authors" culumn. The information

source for Table B-5 is given at the bottom of the chart.. A complete 1list
of references is given starting on Page B-19,

In cases where blocks of a chart are subdivided by thin
horizontal lines, the entries across a horizontal row within the same
respective sets of horizontal 1ines are associated. For example, for
the retrodirective Van Atta array antenna in Reference 10, a 6 ft. by
6 ft. array of 1000 elements has a gain of 34 dB at S-band.

Spacecraft antennas with gains up to 44 dB at S-band and up
to 55 dB at X-band are shown. Ffeference 14 discusses a cassegrainian
telescope antenna for a 10.6 micron carbon-dioxide iaser which is
expected to have a gain of 98.5 dB. It should be noted that some of
these entries are based on theoretical calculations for envisioned
antennas which haven't actually been constructed. This is particuiarly
true for the higher gain antennas. The maximum gain in the tables for
an antenna which has been successfully flown is 27 dB for the ohe on
the Surveyor spacecraft (References 8 and 29). _The Apollo CSM high-




gain antenna has a transmitting gain of 25.8 dB in the narrow-beam
mode at S-band.

By way of comparison, Reference 14 gives an empirical expression
for maximum attainable gain for future spaceborne antennas:

6 =1.95 x 1079 ¢1-52 (8-1)

where f is the transmitted carrier frequency in Hz. This gain limitation
is imposed by difficulties in mechanical fabrication and alignment tol-
erances. Equation (B-1) gives gains of 49.7 dB at 1 GHz and 64.9 dB

at 10 GHz.

1.2 Parabolic Reflectors )

Three parabolic-reflector antennas (References 5, 6, and 245
which can be unfurled after the spacecraft has attained orbit are shown.
Gains of 27 to 30 d38 at 2 GHz are achieved with diameters of 6 to 9 feet,
beanwidths of a few degrees, and weights from 20 to 30 pounds (not
including steering mechanisms). Gain increases with reflector size
and operating frequency. Narrow-beam reflector antennas require precise
spatial orientation and several beams simultaneously in different dir-
ections is difficult to achieve.

Korvin and Mills (Reference 27) have invented a feed for a
parabolic reflector vhich is capable of acquiring and tracking a
communications station that 1ies within 15° of the reflector axis.
An additional station within an annulus of 5° to 15° of the reflector
axis could be simultaneously tracked. This could be accomplished with
four different frequencies (two for transmit and two for receive). The
feed consists of an arrangement of 600 or more waveguide elements into
an annular array which is coplanar and concentric with a linear array
of waveguide elements within the annuius. The plane of the feed is
perpendicular to the reflector axis and the linear array is mechanically
rotatable about the reflector axis. Normally four eiements are excited
for one beam position.




1.3 Array Antennas

Arrays of a large number of elements provide high antenna
gains at the experse of weight and complex phasing networks for beam
steering. However, precise spatial orientation of the array is not
required. Increasing the frequency of operation allows a smaller phy-
sical size for the same gain.

Array type antennas with gains ranging from 20 to 45 dB are
discussed in References 7, 9, 10, 12, 13, 21, 22, and 26. The Van Atta
retrodirective array of Reference 10 uses 1000 elements arranged in a
square to achieve a gain of 34 dB. The linear dimensions are 6 ft. at
S-band and 2 ft. at X-band. An increase of 10 dB in antenna gain requires
10 times the number of elements. Typical weights of array antennas:

170 1b. for 26.5 dB gain at 2.3 GHz (Reference 12); 175 1b. for 34 dB
gain at 4 GHz (Reference 13); and 100 lbs. for 30 dB gain at 7.4 GHz
(Reference 26). '

1.4 Despun Antennas

Mechanically and electronically despun antennas for spin
stabilized spacecraft are discussed in References 1, 2, 3, 4, 22, and
23. Gains of 16 to 21 dB with 20° beamwidths (generally earth coverage
from orbit) and beam pointing accuracies of +0.7° are typical.

1.5 Antenna Pointing Systems

Ball Brothers Research Corporation has developed a biaxial
control and drive system (Reference 28) which is capable of positioning
a spacecraft antenna with respect to the spacecraft to within +0.3°
in less than 10 seconds. Command from an external input is required.
“An autotrack mode provides for tracking a moving target to within +0.2°.
The unit weighs 22 1bs. and consumes 5 watts of power. The gimbal angular
range is +100° for the primary axis and :85° for the secondary axis.

The ATS-F satellite, expected to be launched early in 1972,
will test techniques for pointing a 30 ft. space-erectable antenna with
an accuracy of +0.1°%. A study by Lockheed (Reference 26) concludes this
is feasible. '




DATE AUTHORS COMPANY TYPE OF ANTENNA GAIN FREQUENCY S12t WEIGHT Bftw
ARTICLE ANT, ’
July 19691 Donnelly, Sylvanta Mechanically Despun; 17 d8  |3.7-4,2 GHz <32 1b.[19.3¢
Graunas, Conical horn with 45° Reflecting Trans. _2‘45' T.kecerve
Killian Plate 21 38 [5.9-6.4 GMz : 1-Teangn:
References 1, 2 {Meas.)] Receive a =‘§J'
‘ cone =280
8" dia.
& [July 1969} Blaisdell, Rubin] Sylvenia Mechanically Despun; 17.1 dBJ4.107-4.191 Picture 13.5 1pJ209 x 208
Mahr 1 Line source i1luminating Meas. trans, 1-Recetre
References 2, 3 parabolic cylindrical reflector, 6.200-6.313 T q V-Tranee:
Receive 2"
( July 1966] Backus Grumsan A/C Mechanically Despun Phased 21 é¢8  §S-Band 3.4 x 4.3 Not 6.59 x 2 1
Reference 4 Array Eval. {Oblate Given can quica
Spheroid) scan 200
acquisit:
volume
July 1968 | Holst Martin Marietta] Erectable Parabolic reflector 30.5 dB 1.7 6M;z e‘ae‘ﬂa. 1 <30 b 5.0° 1 |
Reference S 32.5 dBj2.5 GHz 3.84" foca . ! ‘
(Meas.) Distance 3.2°
378 J4.0GH2 8' Dia. 2.5°
(Calcu-
Tated)
July 1969 | Fager, Garriott Convair Erectable Parabolic GHz T' Dla.
Reference 6 Reflector Meas. !
{Expandable Truss) zmll T Ois. | -
at.)—§ 27.5 s}z ciz 6 Dia. {20 . |6 i
dxly 1969 | Das, Delaney ™ Phased Array Ma Poseuz |25 x |2800- 1 2. 1ndeo
Reference 7 Estin- 28.5° 4300 1b) I} gentty
ated . Aperture | (Ant. & Steerabl
Space- * by inte-]
craft) '] grated ¢
April 1964 rt Hughes A/C Planar Array 278 ? ? ? ? !
erence 8 {Crossed and Complex Siots)
"
Apr 1964 | Report Hughes A/C Conical Reflector with Cylindrical 28.1 ¢8 19.1* Dfa.
Reference 8 feed (dipoles outside cyl, re- (Meas.) 9.375 6Hz | x 8.8° fexd
flecting surface or slots on 33548 length
cylindrice) waveguide) {Calcu-
lated)
Mar 1964 ]Belf{, Rothendergl Sperry Retrodirective planar array. 4.3 ar 6Hz 26" x 26" ]Printed 32 bess
Reference 9 Gyroscope {Switched-beam hybrid matrix). expect orinted Ckts. positic
ckt.board
Mar 1964 |Gruenberg, TeM Retrodirective Van Atta Mo C.or lea 14 e1d of,
Johnson Array 39 85 k-band [ ATRE A fewargr’ ] Severs:
Reference 10 “Comarray’quasi-passive W dab 2‘:":icr
IZ& . T2 can v
Linear Dim | . §imy ‘:H
Mt‘ of a.kf.ﬁ eously
{cal
(fe)
Apr 1969 §Das TRM Helix Antenna - 24 turns 16.5 d8 P.3 6Hz 1.9* Dis. J0.35 lbf‘.p neas. ' !
: Reference 1} . (Meas.) 30" length Jrigid
: 18.5 @8 - o.93
(Ce1.) " §Deploy-
able o
A
' July 1969 fwitliams & TR Planar Hydrid Matrix Array -
Schroeder
Reference 12




Table B-1. High Gain Spacecraft
Antennas :
4
MUMBER BAND- ARRAYS 33?{: A;ng:m\ DEPLOYABLE |PACKAGING COMMENTS
£ ons oF wotn | 0 TYPF LOWN
sEAYS ELEMENTS] ELEME!
1-Receive ves | Intedstat- Jro Circular polarization; VSWR -1.20:); 3
i 1-Transmit} 0.5 GHz | ~ i {2) —— Satellite spin 65-117 rpm; Infrared earth sensors
g 1 Successful to track to 0.70
%
§* 1-Receive § 82 _§ ] Yes JATS-1II No Linearly w‘mrized; YSHR = 1.35:1 max.; S::enit:d
= - - H n a
S e et Successful i nd votts nienan $8718T,80 SHSEIDLAT0Y" %
L3
| 2
£ n 10 Yagis Hes } Motor f1 Partially Horizontal polarization; earth sensor to despin; 100
% quickly on 3rd ATS.] (antenma watts R.F power; side lobes -25 dB Azimuth; - 943 Elev.
2 Antenna not]raised above
’% motor after
£ orbit ob- |
£ tained) 7 .
e Yes | No Yes Cylinder 12 ribs; (24 rib version befng fabricated with wefght
30" Dfa. X Tess than 30 1b.);
e 7° depth Sidelobes: measured (horizontal and vertical) -18 4B at
: 1.7 GHz; measured -14 dB at 2.5 6H2 (-24 4B calculated
No at 2.5 GHz)
Yes JNo Yes Cylinder Gain incresses with diameter and frequeancy;
JExpandable J9* Dfa. X Sidelcbes 16-23 dB down (Measured);
Truss type 19* high Polarization used; Circular - §, X bands,
Linear - Above X dand
1024 Helix No no fres an be Simultancously communicates with 2 vehicles; 1800 watts
(Deploy- stowed in (tncludes 211 antenna and spacecraft power) for use
able) Tital 11 C on 3 axis stabilized satellite
Rocket :
Slots Yes ? ro Circolarly polarized; Sidelobes -14 &8
says for
surveyor Sl(i
Yes INo bosslble Small Circularly polarized; Beamwidth switched by exciting .
different parts of cylindrical feed; cross polar-
fzation components = -13 @B ; rudimentary form built
6 printed o, INo No Gatn loss = 1.8 4B max. at crossover of 4 beams; 1-2
positions ckt. tial) watts RF power on satellite; Antenna transwits dats,
which it has collected, to ground station upon interro-
g . . qation; Hybrid phasing matrix & {nterrogation signal
: deternine direction of beam
=T "
—.60° ‘ ral . 10,000 }conjugate ko JHo Power <} mw. (could be supplied from ground); :
. Jund 3,500 | elements Incoming’ continvous wave {A s modulated with information }
statfons Y000 [of van from other incoming wave (B) 3 modulated wave returned
can use 300 __ [Atta array] to origin of A:
simultan- No power splitting when simultaneously used by
eously several ground stations
neas.
1 Yes o Under Such elements can be used for phased arrays;
Development VSHR = 2.0 {(can be improved)
— .
ﬁ y number 108 Helix Mo L No Can be At present practical for 24-30 d8 net cain &
— )i - (Deploy- ll stowed in 10 or more beams; Sidelobes -15 ¢8; Beam
~ able) Titan 111 € | crossover (3 besms) within-2.2 d8 possible;
Rocket Power reauired low




PRECEDING PAGE BLANK NOT FILMED.

COMPANY GAIN OF FREQUENCY
it AUTHORS AFFILIATION TYPE OF ANTERNA ANTENNA | (T-TRANSMIT) S12€ .o
. R-RECEIVE )
fﬂar. 1966 Kummer, Hughes A/C 8 turn helix with cup at base 6.7 &8 6.301 GHz J0.56" dia }not grven
Birgenheier (for beam shaping) Theor. X 4.55%"
. Reference 13 . long
Mar 1966 Kusmer, Hughes A/C “Transdirective” array, a switchediReceive: 6.301 GHzR §Receive: Not given
8irgenheier myltiple-beam, self-steerable 20.8 d8 4,081 GHaT J 14" X 14"
[ Referénce 13 antenna ) peak, 15.0 -
. 48 min .
( : measured) Transmit: .3
- - Transmit: 22" x 22" .
21 a8 =X
ak, excludes .
7.4 d8 min} circuitry >
Measured) req'd) :
4
r 1966 Kumer, Hughes A/C Self-phasing retrodirective array | Transmit: J]4.081 GHzT | Transmit: JNot given | 7
% Birgenheier (self-steering) 21 48 6.301 GHzR }22* x 22* 1
£ Reference 13 peak, {excludes {
. 18 d8 min circuitry -
H measured) req'd) 7
Receive: '
6.7 d8 ¢
(Theor.)
plar 1966 Kuwmer, Hughes A/C Multiple - beam "Transdirvective® }34 dB, 175 b 3
Birgenheier array 24 &8
Reference 13 jnin
(Theor.)
- Mar 1966 Kuweer, Hughes A/C Self-phasing array 34 ¢8, 178 1
( Birgenhefer * X d8
Reference 13 min
{Theor)
h(ov. 1968 § Wkl Goddard SFC 10.6 » carbon dioxide laser 98.5 d8 10.6 nicrwﬁzs o mass? 4
Mv:;{‘ transmiter with 3 cassegrainian (with 0.12wiwavelength Jdia. ant., J33 83 1.
Richard, telescope antenna into trans.
Richards, antenna)
Flagiello e
Reference 14
98.5 @ R B om mass:
92487 dia receive}2o 5
{with 0.)lw
fnto trans. 12.5 om dia
# antenna) transmit
3 withnes




Table B-2. High Gain Spacecraft
Antennas

ARRAYS
\ ANT. § ANT, § DEPLOY
1GHT e I"M[R o ;;moulorr No. OF | Type | BUILTFLOWN }ABLE COMMERTS
OIMENSIONS | BEAMS ELEMENTS] ELEMNTS ‘
ey
. - -
° -
yiven § 40 Helix wound on plexiglass rod with bored out center; Sidelobes
’ ! , yes 17 1™ 113 8 down; VSWR 5 1.1:1 for 6301 ¢ 150 MHz.
. ) —
Receive: 10 M2 JReceive; fHelix yes no no Array receives incident signals from arbitrary directions and .
16 discrete 16 mbon) (Bread- after processing, the signals are transmitted to other arbitrarily
afven | Recefve: —i board) desired directions. Pilot tenes on uplink signals identify them.
12.57 each Transmit: Transmit For proper redirecting need either pilot tones from receiving
measured) | Continuously 16 stations or command signals from uglink stations. Pilots used:
Sosmit scanned beam 6.310 GHz from uplink station; 6.313 Giz from downlink (receiving)
_ ~ each beem ] by using (2-4x4 . station. .
] Tnosund[ 4 adjecent, arrays) Logic circuits used more than 1000 trensistors. Designed for
weighted beamd gravity gradient satellite but probably could be modified for
Coverage for |} to form 1 - spin stabilized satellites. :
recefve or composite 2 beam forming matrices (1 - R, 1 - T); TNT amplifier; 23.0 Bw
transmit fills ] beam. , ERP; Power req'd = 67.2 watts, excluding local oscillators and
cone whose ™I,
subtended
;gpl angle is

Transait: ] Same 4 “Mx array #s above used for transmit; self-phasing by phase
13‘ (Steerable) :sx 4 (above) bg:er:c)' reversal through mixing. Information which was previously received
1 - Recefve rray) is relayed in direction of a recefved pilot signal. Pilot = 4.159

. y 2. Sfidelobes 10 @8 down on transmit; power req'd = 418.5 watts
Recejve: xtluding THT amplifier and Jocal oscillators. Designed for
t 25 fve ravity gradient satellite but probably could be modified for spin
coverage angle a1 tabilized satellites. TWT amplifier. N element array requires N

Vix ase-matched modules (N complete transmitters and receivers).

lement RP = 13.7 dBw measured, + 0.75 dBw pradicted.

(measured)

. ensmesunf
1 - Transmit § 10 W12 k?r&nwﬂ Helix es no no
(

ey
20° Coverage 4 independ .at] 2 inde- | 2-8x8 “ino no no Envisioned extension of sbove 4 A 4"transdirective” array to an
(2 R, 21) pendent § arrays -18 X B system,

125 miz Components nearly all proven, except for matri: which should be
channely =traight forwaru. ERP = 33 dow.

iy

- 8x8 no no no Envisioned extension of above 4 X 4 self-phasing array to an 8X8
) . array system. ERP « 25 dBw. Except for final r-f wplifiers,
- _ components close to state-of-the-art. Authors expect 2-3 years
' for r-f amplifiers to reach the strte required at 2 GHz.

g

ide for 100 Mz no no fno Envisioned laser cummunication Systems expected to be breadboarded
40 arc cquisition; by 1972 and available for .atellfte communication use by 1975,
second beam ncil for : The ATS-F (1972) and ATS-G (1973) lascr communications experimpnts
uto are expected to develop the hardware for these systems,  First
racking system requires 200 watts, second system requires 75 watts,
An earth-oriented satellite with some degree of stabilization and
S Wiz Ino "o no which permits pointing the main antenmna to +0.1° s satisfactory for
the experiment. The course besm-pointing mechanism may be required
to steer the laser beam :40 degrees from local nadir, The 25 cm
telecope has 2 0.1° field of view. Systwm is autotrack snd acquisi-
tion time s much less than | minute.

——— e —————————

FoLoouT m/)/_ - B-17 w“




-ERECEDING PAGE BLANK NOT FILMED.

DATE

COMPANY GAIN FREQUENCY 12
OF AUTHORS : TYPE OF ANTENNA OF T-TRANSM T ' ;
Mar 1964 § Andre, Sylvania Active retrodirective array 14 d8 2.15 GHz 1 IR BT
Leonard {Meas . ) 2.00 GH2 R | state s:ive
Reference 15 sute
July 1969} Rankin, M.I.T. Clu.ter of 8 circularly polarized] 10.7:0.6 X-band-T (CEIEE T
Devane, horns pofnted radially outward dB (Meas.) x 8 pies [27103
Rosenthal every 45° about spin axis (fncludes pachage ool 3’
. iuitcu : . (X%
Reference 16 M 3 arterras
. Circularly polarized biconical 4.4 @8 X-band-R
horn {Meas. )
Omnidirectional longitudinally 1 d8 YHF
polarized-by exiciting gap (Meas.) Telemetry
between Liconical horn & rest of .
structure.
Sept 1966§ King, Wong, Aerospace Polyrod antenna 12.4 d8 7.3 GHz 5.1" dia.
lamites Corp. calculated rax. x
at 8s:20° 9.7" lerg
Reference 17 Circular horn with special tens [ 9.9 & 6.4 Gz 4.85" aia.
(Heaso) at
=324
Mar 1969 | Tokumaru Keio Univ, Double-sheath helices leaky-wave § 10-20 d8 9.6 GHz 5 ¢x dia.
Ref 8 Japan :ntesn:f iteh the?ret- x 45 c=
erence - Uniform pitc fca lﬁm
- Tapered pitc Not given 9.6 Ghz n dia.
‘ x 65 cm
long
Jan 1969 | Nair, Univ of Deihi § See comments. Gain & vesnwidth 13.6 to 9.4 GH2
Srivastava, & Govt, values are in E-plane. First 20.5 4B
Hariharan Victoria valuye is without grill and second -
College value is with double grill. Each] 15.8 to 7.5 6Mz
Reference 19 {India) value :e:;esentsd\lren of 22.0 d8
several horns. values are
. 14.8 to 6.66 GM2
measured. 20.0 d8
13.2 t0 6.00 GHz
18.9 ¢8
Srot 19651 lrmer Technische Two uniform open slots cut into 18.94
Universitaet the metallfc surface of sphere dB
Reference 20 Berlin :hﬂ"ret-
ce




Table B-3.

Low Gain Spacecraft

Antennas
BEAM MISER | pamo. ARRAYS "
1 L f NT. § ANTENNA DEPLOY-
WEIGHT Jormenstons | 8. | wiomk | e [UILT] Floww | s ' COMMENTS
ELEMENTS] ELEMENTS
¢ M:“ ::dui"r:cts Redi"?“ 120 Wuz | 9 pairs| Dipoles Ves No No Tunnel diode amplifiers and mixers used; completely solid
::ate +40° o;:m ?:::::d 3 g?:é::::g state; power supplied by 3 small dry cells; receiving and
: axis simultan- transmitting elements orthogonally polarized and inter-
! ' eously) meshed on common aperture surface,
ackage | 58° x 28° 60 MH2 Yes Mo No For X-band transmit antenna: . —
less — 2§ €dCh horn Horns energized by slots. An 8 throw switch turns on horn
.s( i most currently pointing tc earth (operates on information
B g . from earth swnsors); VSWR < 1.25 for f, +10 Mz,
5
longitud-
 inal ___ 1
135° .
longitud- .
ina
o=124° 3% Yes No No Purpose was to shape antenna beam (by proper choice of
aperture smplitude and phase distributions) to enhance
gain at line of sight angles to hortzon (this provi
ent30° +1.5% Yes No %o uniform earth coverage.) Primarily for attitude-stabilized
satellite. (Here maximum gain occurs at horizon angles).
?'-'::s ) Yes No No 1: sidelobes -10 dB, 2: sideiobes -20 4D meas.
[
{Meas.)
4° to 18° us*' No o Experimental study, Placed 2 conducti oritls (metallic |
rectangular strips) at apertures of E-plane sectaral )
39° to 17° to improve gain and beamwidth fn E-plane. Grills had megli-
gidle effect on H-plane radiation patterns,
55° to 18
58° to 17°
e E
k Ko No No S ———————
47 ‘4
PR
. ]




PRECEDING PAGE BLANK NOf FILMED.

DATE AUTHORS COMPANY TYPE OF ANTENNA GAIN FREQUENCY S1te NEIGHY BEAM
OF AFFILIATION OF T-TRANSMIT) DIMENS 1ONS
ARTICLE . ANT. P RECEIVE)
Autuen, Backus Grumman Linear phased array of 16 circlar-} 17 db T 55 GHz ¥ azimutn
1965 Reference 21 Vy polarized wavegquide elements eley.
(part of a broadband digital
communications system,
Planar retrodirective array 3068 JacuzY 3y ¢
) theor.
( Planar retrodirictive array 38dd | 4 GH2 8.5' x8.8 i'
Planar retrodirective array 44,2 dt] 4 GHz 7' X L B
Dish. lens‘ or ghur array 43 dd | 55 M2 15" 1
m . ]
May 1966 Korvin, Goddard SFC & Clyindrical phased array: 64 13 to 1.7 GHz, 18.2% dia. J 65 10 JCyl. arreyf s
' Chadwick, Radiatfon’Sys. circular apertures (16 banks of 4)] 16 d8 | 2.27 ez X 35" highf entire 189 x 23° |
Reference 22 u?md circumference plo:ml'z cir- an. system | plosar .
cular apertures on each or s ¢
(pYamar array) R) b o
{ R ‘
Oct 1963 | Erhardt, Hughes Electronically despun phased 1960 JaGN2 Y 2 come |
Garson, array. 16 nm. pargliel to : therretics
Vead spin axis and perpandicular to 17 6
Reference 23 ordbital plan, are arranged arvind | mess.
circu u:ou diameter {s one
wvavelength
_ —
Aprid Maylett Goodyssr 9-ft. diameter, 12 rid, parabolic 2.1GHz R J9 dla. nzwn |
1964 faference 24 reflector ) 23en T
e————msa
December | F Convair Envisioned erectable phised srray 1720 10 J 2.
1966 Neference 25 670 1 J1.400
| o T — > 3
, November | Reference 26 | Lockheed 20 rib unfurisble, flexirid !
( ) 1966 parsbolic reflector
-
November | Reference 26 Lackheed tlectmicﬂly phased array 122012 fse o
1966 metallic lens with e\cctmic _M:.
switching of feeds. 0 2.5 ¢fa. OO B
Theor. {lams size) tfa—
mh'nm
) m
Lm m——

m""'"mus |




Table B-4. High Gain Spacecraft

Antennas
BEAM mmser | aano- ARRAYS axt qu GEPLOYABLE JPACKAGING
DIMENS10MS oF WIDTH g UL} FLONN
BEAMS NO. TYPE ' COMMENTS
ELEMENTSEEL EMENTS
TF aimuth;

. 170° atev. 16 ‘es Mo Capadle of sesrch, acouisition, and track operations;

: transmitter pover output of 10 ¥; recefver noise
fiqure of 10 d8; scan angle of :307; beam switching
time of J.s; antinna electronicaliy scanned.

ry e s ‘ﬂ
‘ 600 No N Theoretical electronically steerable antenna;
transmitter power s 33 dm (2 W),
F E: ! } 2500 U 40 mi/element; 640 LW ERP |
1 ' 10,000 "5 ™ 0.4 rii/element; 105 & Mvum?u: based
;-’—f-. - - ‘ g‘tﬂ 4 gngl
1 No fMo Imtr. r N
Cyl. arrayq Severs)
1895 230 | steultan- | Soine's] es ves o -l Provides total spherical coverage; 88 Ciscrete beans; besm
planar  Jeously in | o up | SITCW- crossover level - | dB; Sidelobes: -18 8 to -12 d8 for
srpegi, | difterent | ea Yoor lor planar arrays, -13 @8 for cyl. srray; switches & Butler
23°. directions sper- matrices used; circulariy polarized signals; systes can
hndle kilowatts of peak power.
— S —
2% cone IV 2.5¢ 16 V-wave Jves [Not at Ko Advanced SYNCOM antenm system. All elaments in am*
theoretics req'd dipotes - time of driven in proper phase. sensor snd comaand signals
0.25° dis. article used to drive ferrite phase shifters to orient Demm,
K 13° Tong Seam pointing accuraty s 0.79%sidelobes -10 &. Total
circuitry required weighs 3.6 1b, vol = 0,053 cu. ft.
’mt- fails gracefully. Spin modwistion less than

Yes 3" dhs Antennd s circvlar parabolotid type comsisting of @
: fixed conter hub with outer sections {12 curvad redia)
rids) that unfurl, Radiated power is 100 ¥. Total
Tosses = 1.66 €8 predicted.

]2.3?? hore Yos 5" ¢, For Saturn-V leunch vehicle. A1l values are theoretical.
e I.ZS" dfe. : Critical phase coupling of this large mmber of elements
i A 7° Moh under study ot time of article. Antenna folded by
stacking hexagons) modules.

) 1 101 pdels Mo Yes, .8 dlas. Antenns experiment for ATS-4, 3-axis stabilized satellite;
. built by 0.25 X 1.5° deep] Centaur launched; $ concludes it is feasidle to
) o elec. point antenns to 20.1° vsing 5 unique adaptive Aigital)
Teste motor nt:"ot concept together with 3 radio-interferometer
1":." uses Mo:::cc sua:;s‘ﬂ: :: M‘tmmnm.
" erometer 5, wonanh
readout of atuuh"a:":e. Poves

Lo steerspid 115 | 256 > Yes m ontenns for ATS-4 satellite experiment; stoerd
7 (2-1, 2.8) ;ou: Jeeds T' » g m to 0.1 degree by electrical mesns fessible; .
q j . or 16 oot comand or pitot sfanals for control; boam u’:sumq of
beas 210 to 215 besmridths possidie; here sbovt 17° scon
) eatire Toms: 408 vaths eotiates ovrr remtres"®
: wtts e oy
(wwknown s to which antenns). J
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€RECEp,
NG PAGE 310, N
OT Fimep

DATE SATELLITE COMPANY TYPE OF ANTENNA GAIN FREQUENCY ANYEwnd LOAZE -
oF of R-RECEIVE) st TN
April 1965 |} Intelsat | Hughes Co-linear slot array (transmi )} ]9 d8 4.08,4.16 G2 TRIE
Omnt (receive) 448 6.3,6.29 Gue
Oct 1966 )} intelsat 1] Hughes Electronically despun multiple 8 de 4.06-4.19 g427] 18 138 1o,
element biconical horn
Sept 1967 6.3-6.4 GHz A
—
Sept 1968- 1intelsat 11 TR, 17T, Mechanically despun conical beem J17-18¢8 ]3.7-4.2 GHz 1 &8
Feb 1970 Sylvania $.9-6.4 Gz R (Satell.
1t
( 'r:g;,)_ |
1971-1972 J1ntelsat IV Hughes, A1l eluctronically despun 3042642 1 1228 1b.
[ ]
- s.9-64 G020
Dec 1966 JATS-) (B) Hughes, JPL Electronically cospun; colinecr | 14¢8 6 GHz R 7758 to.
: array for receive; phased array 46827
for transmit
April 1967 JATS-2 (A) Hughes, G.E., Horns for communications 6z R 85 .
TR, RCA, 4627
delavilland
_
Mov 1967 JATS-3 (C) Hughes Mechanically despun linear 18d8 6 Gz R
-§ parabolic 4§ G2 T
-
Aug 1968  JATS-4 (D) Hughes Linearly polarized horn antennas : m :
¢
Moy 1969 JATS.E Hughes Two of wnknown type for mitlf- | 2068 §
meter wave experiment specs l
Early 1972 [ATs-F Goodyesr Multibess phased array 50 60 |
(antenna) Expected | d
!
|
l
—— . o
Eorly 1973 |ATS-6 Goodyesr Multibesm phased array l:‘g:* §
(basically same | (M ienm) -4
a3 ATS-F) expected ;
i
t
S 1974 Gass RCA, Lockheed Multiple bean electronically 40-4560
() . Wghes | pheted array (originelly desired) | recyiree - *
- ’ 0 e’
“uea 9-10 Gtz 8' dish
} SCATR Hughes Mechanically despun planar array | 26.440 g 12.1-2.3 M3
’:-':: right circularly polart [ 25.308 1]
MN $ electros catly =2
::s:::s od 0 zoﬂhﬂe refliector 72.58
1964 - tarized, bi-conicel | 4.5-6.5 |8 Gz R
1 10CSS (Phase | Philco-Ford Circularly polart -tonics 56,
1966-1968 ( ) . (1n plane norme) to spin 7.36m 1
lﬂJ
F
1967-1972 § VAC SATCOM Hughes-prime Quint-helix UNF arvay 260-215 Wiz
114 -6 62 7
Late 191 :‘:‘ "o oGz o T

Source: “Commumications Sotellite Memdbosk®, MASAMSC, EOLDOUT FRAME (

February 1969, Revision 2.




Table B-5. Past, Present and Future

Communications Satellites

=

- NUMBER BAND- JS/C POMER § SPACE- ANT. B ANTENNA  JSPACECRAFTY

ém l,,;.‘.?,‘m d WIDTH | FROM CRAFT ny [ FLOWN  ISTABILIZA- COMMENTS

VEIGHT BENS SOLAR | SIZE TION
1 CELLS
% 25 M2 Yes 6 watt TT; 6 watts ERP; two independent freguency
: each 45 ¥ 4" dia. translation repeaters.
£ ;weater
§ |
L 4 126 miz § 100 M 56" dia.x§ Yes Four 6 watt TWTS (all can operate simultaneously).
= 26.5"° high Antenna linearly polarized for transmit (15 watts ERP),
£ Transait) orthogonally polarized for receive.

j S00 iz § 132- 56" dia.x} Yes ERP22.0 dbw/transponder; 2 TWIS @ N1 W each; 2
(Mteml 181 wtt ?3' high {ndependent channels; omnidirectional command antenna.
) incl.ant)
o]

g 2 spot 93 5 diaf %o zm antenna pointing accuracy (Cha); command
- beass pl x 17.5° suitdd;z to direct outputs fato spot or earth coverage
] high beams; 24 TT's at 7.2 watts.

75 tb. - 56° dia.x Sup sensor: THT; also has WE capability (10 & ant. gete;

§7° high beam)

815 b.

56" dia.x
72* high

8 whips extend from top for command and telemetry.

£50 .

432 Wiz § 435-
total S65 M
earth cov-§com.
K

185 W
{aftia)
188 W
{nitial

6° long x
§* dia.

12 watt TWT's provide ERP of | t¥; has auxillary array
antennas

4 TS

]

Also 6 Gz recefve and 4 Giiz tramsait
with linearly polarized horn antennas

folded
SIS'“..

Nill test techniques for poiuttng 1 space-erectable
antennas with accuracy of 0.1 28 by phase comparison
system; data relay experiments; spin stad wrt iC
coordinate system; RF loss = 10 €8; operatiomal with wp to
4 stations by time sharing.

Folded Spin stabilized with o.'l“. 3 axis stadilized; phase comparison
S/C dia. system for antemna orientation; operation with wp to &
=9 stations by time shering; to demonstrate precise pointimy
required for lasers.
somiz ] 700 ¥ Data Relay Satellite System; RCA proposed 3' dish antenma,
requt (Solar 2448 gain at about 8 GHz; stabilization: Lockher . proposed
cells & Gravity Gradient for roll § pitch axis and somen um wheel
battery) for yaw axis comtrol.

i Equiv- f 332 ¥ Synchronous Commmfcations & Trecking Relay System: will
alent {opera- provide coverage for 2 or more vehicles of CSM capacity;
csn tional 8150 low gain colinear arvey with gatn of 3 @B receive;

system) 8 @8 transmit. :

-

Initial Defense Commmications Satellite System.
Radiates 2.5 ¥,

L

A i o

10 miz

12 colov

T ch.

pa——

e

2 SHF horns; experimental lauaches successfu) so far.
Also will have 7-8 Gtz capability.

Antenna pointing of 20.1° required.




2.  RF TECHNOLOGY

2.1 Introduction

A brief summary of the state of the art in RF power gener-
ation and detection for frequencies in the S-band or greater is presented
in this section. Extensive use was made of two recent reports by Philco-
Ford: "RF Hardware Study, One to Forty GHz", and "Advanced RF and
Optical Hardware Study, One to 300 GHz, 0.1 to 100u". (References 30,
and 31). In addition, use was made of References 31 through 34.

2.2 RF Transmiiters

2.2.1 Traveling-Wave Tubes

Up to the present time traveling-wave tubes (TWT) have been
the primary elements for RF transmitters on spacecraft operating at
S-band. Disadvantages of TWT's include the requirement of stable high
voltages and limited life caused by cathode coating depletion.

As noted in Table B-5, Intelsat I and II used 6 watt TWT's;
Intelsat III uses 2 TWT's at 11 watts each; and the ATS-3 (C) used 12
watt TWT's to provide an output power of 15.8 watts, operating at a
transmitting carrier frequency of 4 GHz. In the current Apollo program,
S-band TWT's provide transmitted powers of 12.5 watts for the CSM and
19.2 watts for the LM.

| Two typical TWT's from Reference 30 which are currently
available for use as RF transmitters for spacecraft are:

1. Watkins-Johnson model 274-1 which operates in the 2 to 43Hz
range produces 22 watts of output power with an input power

of 75 watts. It has an RF bandwidth of 300 MHz, a gain of

26 dB, and a weight of 1.10 1b.

2. Varian mode! VTV-6180A1 which operates in the 8 to 12 GHz
range produces 20 watts of output power with an input power

of 290 watts. It has an RF bandwidth of 4 GHz, a gain of 35 dB,

and a weight of 2.5 1b.
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In addition, References 32 and 33 mention 50 watt TWT's at S-band
with dc-to-RF efficiencies of 37% and bandwidths of 50%. These are currently _
available for spacecraft. °

2.2.2 Transistor RF Power Sources A A

Reference 31 gives mid 1969 capabilities and projected 1980
capabilities for power transistors. Power output of 7 watts at 2.3 GHz
is given for the mid 1969 capability. Practical power transistor sources
that produce any reasorable amount of output power .above 3 GHz are not
expected to become available until 1975. A 1980 projection of output
power for power transistor sources is 17 watts at 2.3 GHz and 2 watts
at 8.5 GHz.

At S-band dc-to-RF efficiencies are presently about 35% for
power transistors (Reference 32)..Awide bandwidth if no problem to achieve
and can be as high as 80% of the operating frequency with proper circuit

‘design (Refgrence 31).

In order to produce higher output power, 5 to 10 watt power
sources can be combined together in a series-parallel structure. With
present solid-state technology, practical power levels exceeding 100
watts at S-band are achievable with overall dc-to-RF efficiencies
exceeding 30% (Reference 32). Furthermore, failure of a single unit
in such a structure is not disastrous. ‘

By generating power at a lower freduency and then using.
varactor diodes to multiply the frequency, output power at a higher
frequency is produced. In the present Apoilo system, this technique
is used in the landing radar to produce X-band RF energy with power
outputs less than one watt. A continuous wave source consisting of
parallel power transistors feeding varactor dioﬁes has been breadboarded.
using thin-film microstrip circuitry (Reference 34). This unit had an
output power of 9.8 watts at 3.0 GHz, a 1 dB bandwidth of 6.7%, and
a dc-to-RF efficiency from 9 to 14.5% over the band. Overall gain was
12.2 dB and tot>. volume was 3 cubic inches.
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2.3 RF Receivers

Table B-6 shows mid 1969 state of the art and 1980 proje;ted
noise figures for various types of millimeter-wave front ends. 1In
addition, typical parameter values of currently available devices are
given. Taken from References 31 and 32, these data show that current
state of the art noise figures range upward from about 2 dB for S-band
and 2.5 dB for X-band. By 1980, the projected figures are less than
1 dB for both S and X band. These figures are for uncooled parametric
amplifiers. If cooling paramps to 77°K is feasible, the lower
figures shown in Table B-6 are applicable as noted.

-
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Table B-6. Receiver Front Ends
Noise Figures (dB) Typical 2-12 GHz Current Devices
|
wid | 1080 | mid | 1080 | Gain Bandwidth Weight [Power Req.
1969  Proj. | 1969 | Proj. | (dB) (MHz) | (1b) | (Watts)
!
Low Noise TWT 3.9 2.5 5.1 3.5 |20-25 |> 90 2-18  1-25
Cooled Paramp (77°k)(2) 0.5 | 0.25 | 0.7 0.4 [ 10-20 |>50  24-35  10-32
, B
Uncooled Paramp 1.9 | 065 | 2.6 | 0.9 [10-20 |>5 ' 4-15 | 10-32
(b) | | { ]
Transistor Amplifier 3.2 ' 1.9 NA O 7 15-30 > 100 4 oz | 0.5
Tunnel Diode Amplifier 3.8 2.5 5.1 3.2 10-17 > 100 <11b 1.0

(a) Assumes a Peltier or thermoelectric cooler, which weighs 20 1b., can cool the diode to 779K.
Gain, bandwidth, weight, and power required values are for klystron paramps.

for the cooler for the cooled paramp.
(b) Values are for several stages of germanium transistors with an overall gain of 15 to 30 dB.

20 1b.

was assumed -
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