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Lewis Research Center
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Abstract

Data from the SERT II spacecraft was used to
study the variation of spacecraft and ion beam po-
tential with respect to space potential as a func-
tion of ion thruster and orbital parameters. Meas-
urements were obtained using floating hot wire
emissive probes. Spacecraft potentials of -6 to
-11 V with the thruster not operating and ~12 to
-28 V with the thruster at maximum beam {255 mA)
were obtained. The spacecraft potential variations
were a function of orbital position. The effect, on
spacecraft and ion beam potentials, of varying the
ion thruster neutralizer to spacecraft potential
was determined. The ion beam-neutralizer potential
difference was found to be constant for spacecraft-
space potentials from =77 to O V with constant neu-
tralizer emission current. Radial potential pro-
files of the ion beam were also obtained for various
spacecraft conditions. '

Introduction

The SERT II spacecraft was launced on Feb-
ruary ‘3, 1970. The primary purpose of SERT II was
a long ufatlon (6 months) test of a mercury ion
thruster. A secondsry objective was the inves-
tlgatlon of the interaction between the ion thrust-
er, the spacecraft and the ambient spac? §nv1ron-
ment. Certain on-board experiment datalZ) and the
overall spacecraft performance could be affected by
the existence of & potential difference between the
spacecraft and the plasma (hereinafter called
Vs/ o). ?hruiter and neutralizer performance
and lifetime(3 are directly related to Vg/g. In,
addition, solar cell performance ?an ?e strongly
influenced by the value of VS C Operation
of a solar-electric spacecraft can also influence
the a?blent syace plasme in a variety of
ways. Data concerning local electron tem~
peratures and density should be taken outside the
plasms sheath surrounding the spacecraft.

The potential difference between the space-
craft and space arises in part from the require-
ment that the net current to the spacecraft from
the space plasma be zero. The magnitude and po-
larity of Vg/o is a function of many variable? of
the spacecraft and the local plasms conditions.

The polarity and configuration of the solar cells
strongly influence the value of Vg/g. For ex-
ample, on two OGO spacecraft VS/C increased from
-15 to -2 V when the s?l?r cell tabs ‘were insulated
from the space plasma. Thruster operation con-
ditions such as beam current also strongly affect
Vg/c. DNeutralizer parameters such as neutral pro-.
pellant flow and anode keeper voltage can affect
Vs/c. Such neutrglizer parameters also affect the
potential difference between the ion beam potentials
and the neutralizer potential. The value of beam
potential can strongly affect the interaction be-
tween the beam and space plasm? as well as influ-
ence the neutralizer lifetime.(3) As pointed out
in Ref. 7, beam to neutralizer potentials could be
such as to allow large circulating currents between
the ion beam and the spacecraft. Such currents

could produce megnetic fields which could affect
the local space plasma.

The above remarks indicate the desirability of
control of Vg/g« For example, some electrostatic
measurements would best be taken 1f Vg/g were
near zero, 2,8,9) a situation of minimum electro-
static influence. It has been suggested that this
could be done with a bias supply between the space-
craft ground and the neutralizer. Accordingly, an
experiment to verify that such a bias supply could
be used to control the spacecraft potential was
incorporated into the SERT II spacecraft.

This paper presents measurements of spacecraft
and beam potentials obtained from various emissive
probe measurements. The results of a neutralizer
bias experiment on board the SERT II spacecraft is
also presented. The data was obtained over a -
period of several weeks beginning on February 9;
1970 and includes data obtained during the solar
eclipse on March 7, 1970.

Instrumentation

Data for the study of the interaction between
the ion thruster, the spacecraft, and the ambient

. space environment Wai obta}ned using floating hot

wire emissive probes and a heutralizer bias
supply (Appendix B). Two slightl; d fferent types
of hot ere probes were employed. The first
was a space probe which was mounted on a boom
extending 1.5 M from the spacecraft (Fig. 1). This
probe was used to measure Vg/o and extended in
the direction of the spacecraft velocity vector,
there?g ?v01ding the effects of any spacecraft
wake This probe was operated continuously.

. Two other "beam” probes (almost identical in con-

struction) were used to measure the potential of
the ion beam of each thruster relative to the space-
craft. These "bean” probes were swept by means of
ground command gcross the exit plane of either the
active or passive thruster (Fig. 1). Beam probe 1
was swept across thruster 1. Beam probe 2 was
swept across thruster 2. Details of the construc-
tion, theory of operation, data accuracy and cali=-
bration of the probes are provided in Ref. 11.
However, a brief summary is provided in Appendix A.
It should be noted that the measurements had an un-
certainty of approximately 1.3 and 1.8 V, respect-
ively, for the space and beam probe due to the
guantization of the data by the telemetry system.

A brief description of the spacecraft and ion
thruster is presented in Appendix B.

Results and Discussion

The results from the SERT IT flight emissive
probe measurements are discussed below. The first
section, "Passive Spacecraft," gives the results
obtained at the beginning of the mission, prior to
operation of the thrusters. Also presented are the
data obtained when the thruster was turned off
briefly due to a solar eclipse after about 500 hours
of thruster operation.
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The second section, "Active Spacecraft,” pre-
sents data obtained during normal operation of each
thruster. Thruster operating data is contained in
Ref. 13. Also included are the results obtained
during the start-up of each thruster. During these
periods, the ion beam current and other thruster
‘parameters were varied.

Section three, "Neutralizer Blas Experiment,"
contains the data obtained when a biag was applied
between the neutralizer and spacecraft ground.

All of the flight data is presented using the
ambient plasma as the zero potential reference:. In
general, each graph of flight data is an average of
several orbits of data obtained over several weeks.
As such, the effects of long term (seasonal) vari-
gtions in ionospheric properties and/or probe char-
acteristics have not been considered.

The ground data was obtained during final
thermal vacuum testing of the flight spacecraft.
The neutralizer emission current Iy, was not meas-
ured during these tests due to experiment diffi-
culties. And the beam probe was only operated when
the ion thruster was at 100 percent beam (approxi-
mately 250 mA). The values of spacecraft potential
VS/C: were obtained by means of a voltmeter between
the spacecraft and the vacuum chamber. This was
necessary since, in the ground spacecraft tests,
the space probe was not deployed. Previous tests
of the prototype spacecraft with a deployed space
probe showed that the spacecraft potentials meas-
ured with a voltmeter between the spacecraft and
vacuum chamber ground agreed with the spacecraft
potentials obtained with the space probe within
2 V.

Passive Spacecraft

Space Probe Results

The potentials obtained for the passive space--
craft are shown in Figs. 2(a) and (b) for sunrise
and sunset, local time. As indicated in Appendix B,
the spacecraft was always within 9° of the term-.
inator and the orbit was always spproximately par-
allel to the Earth's magnetic field. However, the
alignment of the spacecraft velocity vector was
parallel and anktiparallel, respectively, to the
Barth's magnetic field for the sunrise and sunset
conditions. The mean values are -6.4 and -8 V,
respectively, for sunrise and sunset. These values
are significantl¥ higher than those obtained on
many spacecraft.(14,15) They are, however, 7985
sistent with the dats reported by Krassovsky 16)
and Knudsen{1l?) who reported potentials of -6 to
15 V. The orbital variations in spacecraft poten-
tial will be discussed later in the section. As
indicated in Appendix C, the potentigl of a passive
spacecraft is usually on the order of a few tenths
of a volt. The results shown in Figs. 2(a) and (b)
are higher by more than an order of magnitude.

The net current to the spacecraft must be zero.
In Appendix C it is shown that the net ion current
to the spacecraft is equal to the ram ion current
and is on the order of 0.24 mA. This result was ob=
tained using an electron number density, N_, of
2x10% particles/cm5 (Ref. 18) and assuming charge
and temperature equilibrium. By equating the ram
ion current to the electron current collected, an
expression can be derived fer the electron collec~

tion ares of the spacecraft. The only areas avail-
able for electron collection are those near (Within
a few electron volts) or above, plasma potential.
For the potentials shown in Figs. 2(aj and (b), the
only areas on the spacecraft capable of being near
or above plasma potential are the exposed connec-
tions on the solar array (Appendix B). All other
potentials were shielded from the space plasma.
Appendix B gives the measured area of the exposed
connections of the solar array which is above plas-
mg, potential as a function of the gpacecraft to
space potential difference. A close correlation
between the measured and calculated electron col-
lecting areas would indicate that the high space-
craft potentials obtained are primarily due to the
exposed leads on the solar array.

For, the SERT IT spacecraft, neglecting rf,
magnetic and photoemission effects, equating of
ion and electron currents require that {Appendix C)

1/2
. kTe /
eA;N;Sq /g = eA N {—— (1
1MiPs/C ee 2l )
where
A effective electron collection areas, M?

k Boltzmann constant, J/OK

Ne Ni = Particle number density, particles/Ms

- Me electron mass, kg
e electron charge, C
Te electron temperature, %k
SS/C spacecraf£ veloeity M/sec
Ay ion collection areé, M?‘\

The left side of Eq. (1) is the ram ion cur-
rent. The right side is the electron current col-
lected by the effective collection areas. The val-
ues of electron temperature, T, at sunrise and
sunset were found in Ref. 18 to be 1700° and 2100°K,
regpectively. It is noted that these values of T,
are for the vernal equinox period of 1885. If
these values are used, the above equation reduces
to the condition that:

4, 1.18 M for a spacecraft at sunrise (T, =
1700° X)

4, 1.08 ME for m spacecraft at sunset (Te =
2100° K)

The measured and calculated electron collection
areas are tabulated in Table I. The results in-
dicate that the measured areas are approximately
40 percent of the calculated areas. This disparity
between the two is possibly due to the existence
of a plasma sheabh surrounding the collecting area.
The large negative potentialg are, however, con-
cluded to be due to the presence of exposed solar
cell wiring at relatively high (£36 V with respect
to the spacecraft) positive potentials. In addi=
tion, the variations of spacecraft potential with
sunrise or sunset are consistent with diurnal var-
igtions in electron temperatures.



Figs. 2(a) and (b) show that the spacecraft po-
tentials varied slightly with orbitsl position. In
general, for the sunrise condition, the spacecraft
potentlal was constant at all latitudes except be-
tween 55° and 90° south geomagnetic latitude where
a slight decrease (more negative) occurred. At
* sunset, the spacecraft potential was a maximum at
the geomagnetic equator and increased (became less
negative) towards the poles. The variations, in
both cases, are a maximum of %l telemetry count
(£1.3 V). Attempts were made to correlate the or=
bital changes in spacecraft potential at sunrise
and sunset with the corresponding varlatlon? ?
and T, using the data from Explorer XXII. 18 It
was not possible to make a direct correlation due %o
the rapid changes in Ne and T, with time at
sunrise and sunset. It was determined, however,
that the orbital variations in spacecraft potentials
were well within those explainable by small changes
in Tg (and perhaps changes in N, due to its
effect on the effective electron collectlon ares).

It is to be noted that the observed variation in
spacecraft potential might also be due to error in
probe ?eagurements caused by plasma density varia-
tions.

Data was obtained which allowed a determination
of the maximum contribution of photoemission to the
spacecraft potential. Fig. 3(a) and (b) shows
spacecraft potential dats. obtained during the solar
eclipse of March 7, 1970 (after about 500 hr of
thruster operation). The. spacecraft was in the
Moon's shadow for two periods of about 15 minutes
each. As Fig. 3(a) and (b) indicate, the space-
craft potential did not change during the eclipse
period within the uncertainty of the measurement.
This indicates that the effect of photoemission on
spacecraft potential was negligible.

Beam Probe Results

Beam probes 'l and 2 were operated prior to
turn-on of the thruster systems. The results of
these beam probe sweeps are shown in Fig. 4 along
with space probe data obtained at the time of the
beam probe sweeps. Under this condition, the beam

8bes were be1n§ used as space plasma (Ne =~ 10 to
10° particles/em®) potential measuring probes.
These probeg, as indicated in Appendix_A, were de-
signed for operation in a plasms of 10 to 1010
particles/cmS density. The beam probe dats are
shown as a function of the angle ¢ between the
probe position and the spacecraft velocity vector
(Fig. 1). The values of ® over which beam probe 1
and 2 could be swept were 16 to 180° and O to
;E.L74.- , respectively (Fig. 1).

Fig. 4 shows that the potentials measured by
the two beam probes were constant and identical over
a large range of ¢. The potential of beam probe 1
(orbit raising thruster) decreased one telemetry
count (~1.8 V) at absolute values of ¢ greater
than 110 degrees. It is possible that at these
angles beam probe 1 was in the wake of its own
support structure. The minimum absolute value of
® that could be attained by beam probe 1 was 6 de=
grees. This angle was larger than that at which
beam probe 1 would have pointed directly at the
support structure of beam probe 2 (Fig. 1). Tt is
possible that this is why no evidence of a wake
effect occurred on beam probe 1 at small values of
@. -

Fig. 4 also shows that the beam probe potentials
were one telemetry count (~1.8 V) less than the
space probe potential. It is.uncertain if this dif-
ference 1s due to telemetry uncertainty or the pre~
viously mentioned off design operation of the beanm
probes. This result is, however, consistent with
the view that a sheath surrounds the spacecraft.

Such a sheath would probably have a thickness on
the order of the Debye length (~4 cm). The beam
probes are a maximum of about +12 cm from the
thruster, but if they were in the wake or sheath of
the spacecraft, the potentials measured would be
slightly lower than those of the space probe. . This
was the case for the data of Fig. 4.

Active Spacecraft

This section presents the space and beam probe
voltages cobtained with an operating thruster. As
with a passive spacecraft, the equilibrium poten-
tial of & spacecraft with operating ion thruster{s)
(active spacecraft case) is determined by the cur-
rent interchange between the spacecraft and the
ambient space plasma. The various potentials will
adjust to provide zero net current to the space-
craft. However, for the SERT II spacecraft, the
ion beam current (~0.25 A), and hence the minimum
neutralizer emission current are far in excess of
any other currents existing between the spacecraft
and the arbient space plasma. The ram ion current
was calculated to be ~0.24 mA. As a result, for
spacecraft with operating ion thruster(s), the
equilibrium potential is probably largely deter-
mined by the interaction between the ion thruster
currents and the ambient space plasma. Meny of the
space plasma, ion beam and spacecraft interactions
which could occur are discussed in Ref. 7. These
interactions include those between the space plasma,
the ion beam, and the spacecraft and possibly be-
tween the neutralizer, spacecraft and space plasma.

Results of both ground and flight tests are
presented. Several differences existed between
ground and flight tests which. relate to possible
interactions. These are:

(1) The background neutral and plasma dengities
existing during ground tests were greater than
those in space by more than three orders of magni-
tude.- As the background plasma density decreases,
the interaction betwee? the space plasma and the
ion beam may decrease.

(2) T™e interaction distance between the ion
beam and the local background plasma is limited in
ground tests by the vacuum facility dimensions.
Ref. 7 indicated that the space plasma - ion beam
interaction distances are of order 10 M or greater.

(3) In flight, the spacecraft is exposed to
variation (positional, seasonal, etc.) of local
DPlasma. parameters not experienced in ground tests.

Space Probe Results

Fig. 5 shows the variation of the spacecraft
potential with geomagnetic latitude at sunrise and
sunset. As stated previously, the spacecraft ve-
locity vector was nearly parallel and antiparallel
to the Barth's magnetic field at sunrise and sunset,
respectively. At sunrise, the spacecraft potential
was near maximum value at the geomagnetic equator
and decreased towards the poles. This trend was
essentially reversed at sunset. It is also seen
that considerable variation existed, especially
over the south geomagnetic pole. The mean value of



spacecraft potential in both cases was 20 to 22 V
negative. This is close to the ground test value

of -14 V. The meximum value of spacecraft potential
shown on Fig. 5 is -28 V. These results are lower
than those reported by Cybulski, et al. and Hunter
for the SERT I and ATS-IV vehicle, respective-
,ly‘(l9,20 Cybulski reported spacecraft potentials
of between 40 and 150 V positive. However, the

SERT I potential data was obtained indirectly from
E-field meter measurements. And as concluded by
Sellen and Cybulski in Ref. 21, the E-field meas-
urements were strongly influenced by particle cur-
rent collection from the ambient space plasma. In
Ref. 20, Hunter reported spacecraft potentials of
-43 and -132 V. However, he lndicated that the
neutralizer might have been emission limited. It is
is to be noted that preliminary data, which is not
presented, has been cbtained which indicates space-
craft potentials of greater than 60 V negative dur-
ing some orbits.

Attempts were made to correlate the orbital
variations ingpacecraft potential with ambient
plasma variations observed on the Explorer XX%I
spacecraft during the vernmal equinox of 1965. 18)
Except at high southern latitudes during sunrise
(where diurnal variation in plasma parameters are
rapidL the spacecraft potentials did correlate with-
changes in the electron number density Ng. As of
this writing, it is not definitely known why this
correlation exists. oo

Beam Probe Results

Fig. 6 presents beam probe potentials obtained
with an operating thruster during both ground and
flight tests. For reference, beam probe potential
measurements obtained over the inactive thruster
are also included. Only the results obtained when
the orbit raising thruster was operated are shown.
However, the results for both operating thrusters
were similar.’

The flight data has been divided into Northern
and Southern hemispheric results. The Northern
hemispheric data was obtained when the spacecraft
wae at geographic latitudes greater than 30°,
Similarly, the Southern hemispheric data wag ob-
tained when the spacecraft was south of -30° geo-
graphic latitude.

Fig. 6 shows the lon beam potentials Vg, as a
function of radial distance R, from the axis of
the ion beam and the ion beam half angle. 9. The
half angle is defined as shown in the sketch on the
figure. As stated previously, the data was ob-
tained about 12 cm downstream of the thruster ac-
celerator. However, as the probe traversed the
ion beam, the axial downstream distance changed
glightly. And this variation has been included in
calculation of the half angles shown -on Fig. 6.

The results for both flight and ground tests
are in good agreement. The maximum beam potential .
remained essentially constant out to a radial dis-
tance corresponding to the diameter of the beam
forming electrode. The potential then dropped to
a plateau at about 13 to 18 cm. This radial dis-
tance is at a half angle corresponding to the neu-
tralizer position. The potential difference be-
tween the peak and the plateau was approximately
constant for all tests and equal to about 40 V.
The voltage remained constant out to about R =
35 to 40 cm and then decreased sharply to values

below the ambient space potential. For the flight
and ground data, respectively, the spacecraft poten-
tial was about 20 and 14 V negative with respect to.
the space potential. It is possible that at large
values of  R(>40 cm) the beam probes were strongly
influenced by the spacecraft's electric fields. Tt
is also seen that the potentials measured by the
beam probe adjacent to the inactive thruster were
between about 8 and 13 V negative with respect to
the local space potential. This is sbout a factor
of two to three times those measured with both
thrusters off (Fig. 3). This is in agreement with
the view that the beam probes are immersed in the
sheath of the spacecraft.

The data of Fig. 6 were used to obtain lon beam’
to neutralizer potential differences. These are
tabulated in Table 2 for R = O (beam center) and
R ~ 17 cm (neutralizer position). The table shows
that the ion beam-neutralizer potential was constant
for a fixed value of R and was approximately equal
for both flight and ground tests. It is of interest
to note that this agreement between ground and flight
data exists even though the ambient plasma density
during the ground tests was greater than the space
plasma density by more than a factor of 10”. This
similarity between ground and flight data indicates
that ground test neutralizer lifetime and perforﬁf
ance data are probably applicable to flight con-
ditions.

Neutralizer Bias Experiment

The spacecraft contained a power supply which
could bias the neutralizer relative to the space-

-c¢raft by a nominal 25 or 50 V positive or negative.

This neutralizer bias supply was used to investigate
whether the spacecraft potential with respect to the
space plasma potential could be varied so as to
minimize the electrostatic influence of the space-
craft on the space plasma.

Teble 3 presents the experimental results at
the various neutralizer bias and thruster operating
conditions, for both flight and ground test. The

- flight data has been divided into Northern and

4

Southern hemispheric results as in the section,
"Active Spacecraft.” The various bias conditions
are labeled I through V in order of decreasing
positive bias of the neutralizer with respect to the
spacecraft. A positive bias is taken to be that
situation that exists when the neutralizer is pos-
itive with respect to the spacecraft. As pre-
viously indicated, the spacecraft, neutralizer, and
beam voltages are all given with respect to the
local space potential as determined by the ambient
probe. It is seen from Table 3 that the flight and
ground data are in general agreement.

The spacecraft potential as a function of neu-
traltzer bias with respect to the spacecraft is
shown in Fig. 7. The spacecraft equilibrium poten-
tial was approximately -20 V in both the Southern
and Northern hemisphere and -14 V during ground
tests with the neutralizer at spacecraft potential.
As indicated previously, preliminary data, which is
not presented, has been obtained for which the
spacecraft equilibrium potential was greater than
-60 V.

When a bias was applied, the equilibrium poten-
tial changed. In the Southern hemisphere, and on
ground tests, the change in spacecraft potential
with bias was approximately equal to the applied



voltage. Similar results were obtained in the
Northern hemisphere except that when the negative
bias was applied, the spacecraft potential did not
become positive but reached a saturation value
approximately equal to plasma potential. From the
table it is seen that the neutralizer emission cur-
rent . Ig, in flight was constant for positive
biases ?cases I and II) but increased for negative
biases (cases IV and V) to a maximum of 343 mA. As
indicated in Appendix B, .this is near the constant
current limit of the bias supply. The value of the
applied negative bias was thus limited by loading
down of the power supply to a maximum of 28.7 V in
flight and 39 V on ground tests.

Fig. 8 shows the neutralizer potential as a
function of neutralizer to spacecraft potential.
It is seen that the potential difference between
the neutralizer and the local space plasma remsins
nearly constant with applied bias in the Southern
hemisphere. However, in the Northern hemisphere,
variations of as much as 10 V are obtained. The
variations were, however, less than the applied
bias.

Fig. 9(a) to (c¢) show the change in beam po-
tential with radial distance 'R, from the axis of
the ion beam and the half angle 6 corresponding
to that radial distance for various bias conditions.

The results for both flight and ground tests
were similar. The beam potentials decreased mono-
tonically with increasingly positive bias. The
radial variation of beam voltage was not sensitive
to applied bias. It, therefore, seems likely that
the beam shape remained unchanged with neutralizer
bias. The maximum beam potential for a given bias
remained. constant out to a radial distance cor-
responding to the dlameter of the beam forming
electrode. The potential then dropped to a plateau
at about 13 to 18 cm. This radial distance is at a
half angle corredponding to the neutralizer posi-
tion. The voltage then remained constant out to
gbout 35 cm. © The potential difference between the
peak and the plateau was approximately constant for
all biases and equal to about 44 V.

Figs. 8 and 9 can be used to obtain the beam
to neutralizer potential as a function of applied
neutralizer bias. The results are shown in
Figs. 10(a), (b), and (ec) for two radial distances.
Fig. 10 shows that when the neutralizer was posi-
tive with respect to the spacecraft, the beam to
neutralizer potential was insensitive to changes in
neutralizer bias. On the other hand, when the neu-
tralizer was negative with respect to the space-
craft, the beam to neutralizer potential increased
rapidly.

The above data can be used to discuss the na-
ture of the interaction between the spacecraft and
the local space plasma during the blas experiment.
At bias conditions, where the bulk of the space-
craft was below local plasma potential, the space-
craft potential was easily varied.. The change in
spacecraft potential was equal to the applied neu-
tralizer bias. And the ion beam and neutralizer
emission currents were approximately equal. The
effect of the positive bias was to adjust the
spacecraft potential so that the ion beam-
neutraligzer potential difference remained nearly
constant (Fig. 10). This is to be ?xg?cted‘for -
constant electron emission current. 2 It should

‘be noted that in flight as the neutralizer bias was
increased from zero to +50 V, the area of the ex-
posed connections on the solar array that is above
plasme potential decreased to zero.

When the negative biases were applied (cases
III and V) the results differed significantly from
those of the positive neutralizer bias condition.
In flight, the neutralizer emission current Ig,
increased while the ion beam current remained con-
stant. As previously noted, no measurements of Ig
were obtained in.the ground test. For cases IV and
V the difference between the neutralizer emission
current and the ion beam current was about 63 and
85 ml, respectively. This result could arise for
two reasons. First, when the spacecraft potential
became close to plasme potential, large electron
currents could be collected by the spacecraft from
the space plasma. In this case, the neutralizer
injects into the ion beam the sum of the lon beanm
and the electron current drawn from space in order
that the net current to the spacecraft remain Zero.
Secondly, loop currents could exist from the neu-
tralizer directly to the spacecraft. These two
mechanisms are discussed separately below.

In a manner similar to that discussed in the
section, "Passive Spacecraft," an estimate can be
made of the current to the spacecraft in orbit.
The total conductive area of the spacecraft is on
the order of 30 M2, Using a number density N,
of 2X10 particles/cm? and an electron temperature
T,, of 2000° K, the electron current that could be
collected by the spacecraft is about 7 mA. This

.current is sbout an order of maghitude less than

the difference between the neutralizer emission and
the ion beam current at the two negative bias
conditions. This calculated value of electron cur-
rent is, of course, dependent on the values of N,
T., and spacecraft area used. The values of Te
and N, are representative of data from a number
of spacecraft at a 1000 kM altitude(18,23,24) taken
over a wide variety of séasonal conditions and
orbital positions. It was noted, however, in

Ref. 25 that the electron number density increases
with solar activity. The SERT IT data was obtained
during a period of high solar activity. It is thus
possible that the nuwber density used in calcu-
lating the collected electron current is lower than
the number density existing during the SERT II
flight. A number density of about 3X1 particies/
em® would be required to provide the 85 mA ob-
served with the -27 V bias (case V). The spacecraft
collection area of 30 M2 represents the physical
area of the conductive portions of the Agena ve-
hicle. Due to sheath effects, the effective elec-
tron collection area might be larger than 30 M2

by an asppreciable amount. ) ‘

. If the space plasma electron number density
and the effective e€lectron collection area of the
spacecraft are such that the spacecraft collected
currents from the space plasma of approximately
88 to 85 mA, then it is expected that the beam-
neutralizer potential would change. As indicated
previously, the only mechanism for electron emis-
sion from the spacecraft, neglecting photoemission
which has been shown to be negligible, is emission
from the neutralizer into the ion beam. The ion
beam-neutralizer potential difference would thus
change with electron emission by just that amount
necessary to extract the additional electrons.
Fig. 11 gives ‘the variation of neutralizer emission



current with ion beam to neutralizer potential. As
indicated by Ref. 22, the virtual anode for the
neutralizer hollow cathode is probably very close,
within 1 to 2 cm, to the neutralizer keeper anode.
Thus, the value of beam to neutralizer potential at
the half angle corresponding to the neutralizer
position has been used. Ground test date from

Ref. 32 is also included on Fig. 1l. As seen, the
. flight and ground date curves have the same general
form. The results indicate that the beam to neu-
tralizer potential was spproximately constant for
all applied biases for constant electron emission
current.

As indicated, the difference between the ion
beam and neutralizer emission current could be
attributed to loop currents from the neutralizer to
the spacecraft. Such loop currents could exist if
the spacecraft were positive with respect to the
neutralizer keeper. The value of the spacecraft
potential was approximately equal to the keeper
voltage for case IV and about 6 V positive with
respect to the keeper for case V in the Southern
hemisphere. And as indicated in Appendix B, the
thruster ground screen, which was always at space-
craft potential, was within 1.2 cm of the neutra-
lizer cathode.

From the above discussion and data, it is not
possible to conclusively determine the exact mech-
anism that causes the increase in Ig at negative
neutralizer biases. It is noted, however, that the
existence of g difference in the data over the
Southern and Northern hemisphere indicates that the
results may be due to currents drawn from the local
plasma rather than loop currents to the spacecraft.
Ground tests could possibly determine whether sig-
nificaht loop currents between the neutralizer and
portions of the spacecraft could exist.

Summery and Conclusions

The emissive probes flown on the SERT II
spacecraft in conjunction with the prime ion thrust-
er experiment allowed an investigation of the inter-
action between the spacecraft, the ion thruster and
the ambient space plasma. The parameters measured
were the spacecraft-space potential difference and
the spacecraft-ion beam potential difference. The
probes and the spacecraft digital telemetry system
resulted in a maximum measurement uncertainty of
approximately 1.8 V.

During periods in which the thruster systems
were not operated, the mean SERT II spacecraft
equilibrium potential was -6 and -8 V, respectively,
for sunrise and sunset. It was concluded that
these relatively high negative potentials were due
t0 the presence of exposed solar array intercon-
nections at high (36 V) positive potentials. This
was concluded from a comparison of the measured and
calculated electron collection area of the solar

_array. The change in voltage from sunrise to sun-
set were found to be consistent with small varia-
tions in electron temperature. Orbital variation
in the spacecraft potential of the order of 5V
were observed. It was not possible to correlate
these orbital changes with variations in space
plasma parameters such as N, and T,. However,
the variations were well within those explainable
by small changes (on the order of several hundred
degrees X) in T.. ' -

The spacecraft was in the Moon's shadow during
the solar eclipse of March 7, 1970. The results of
the space probe measurements indicate that photo-
emission had no detectable effect on spacecraft po-
tentials.

Data obtained during operation of the ion
thruster systems indicated mean spacecraft poten-
tials of ~20 V for both sunrise and sunset condi-
tions. This result is close to the ground test
level of -14 V. Considerable variation in space-
craft potentials with orbital position were ob-
served; on the order of 16 V. These orbital var=-
iations were found to roughly correlgte with or-
bital variations in electron number density Ng,
datsa reported by Explorer XXIT.

The.results of beam potential measurements
for flight and ground tests were in general agree=-
ment. It was found that the maximam beam potential
(measured sbout 12 cm downstream of the ion thrust-
er accelerator grids) remgined constant at about
+5 V out to a radial distance corresponding to the
diameter of the beam forming grids. The potentials
then decreased sharply. The ion-beam to neutralizer
potential was found to be equal for flight and
ground tests. This was true for the beam axis and
at an ion beam half angle corresponding to the ion
thruster neutralizer position. Thig close agree-
ment between flight and ground data indicates that
neutrglizer lifetime and performance data obtaineéd
in ground test is probably applicable to flight
conditions.

During portions of the flight a bias power

‘supply was applied between the neutralizer and the

spacecraft. The power supply was capable of biasing
the neutralizer a nominal 25 or 50 V positive or
negative with respect to the spacecraft. The re-
sults of the flight verified that such a bias

supply could be used to control the spacecrsft po-
tential. By applying a suitable bias the space=~
craft potential could be easily varied over the
range of O to ~77 V. Therefore it should be pos-

. sible to control the potemtial difference between

the spacecraft and the space plasma so as to min-
imize electrostatic influence on the space plasms
of an ion thruster bearing spacecraft.

The variation in spacecraft potential was ac=-
complished without noticeasble detrimental effect on
the thruster system performance. In addition, the
ion beam-neutralizer potential difference was con-
stant for all neutralizers biases with a constant
neutralizer emission current.

Increases in the neutralizer bias current was
obtained at negative bias conditions. It was not
possible to conclusively determine whether these
increases in neutralizer emission current resulted
from large electron currents drawn from the space
plasma to the spacecraft or resulted from loop cur-
rents from the neutralizer cathode to nearby sur-
faces at positive potentials.

Appendix A

Each probe system consisted of an emissive
assembly and an electronic package (which included
the power and signal conditioning). Each instru-
ment had a nominal range of ~50 to +100 V.



Ambient Probe
The ambient probe was desiéned to operat in a
low density plasma of 10* to 10 particles cm”.

The ambient probe emissive assembly (Fig. 12) con-
sists of a support structure, a shield, and an
‘emitter. The assembly is 7.6 cm long by 0.64 cm in
dismeter. It weighs approximately 13 g. The
emitter is a 1 cm long by 0.076 mm diameter W3%Re
filement. The small diameter shield is connected
to the emitter through resistors to meihtain it at
the mean emitter potential. This "shield electrode”
close to emitter potential aided in reducing the
effect of other nearby surfaces on the probe's po-
tential measuring ability. This was considered
necessary since it was determined that for certain
ion density-plasma potential combingtions, the
plasms sheath thickness could be as much as 100 cm.
In additon, for a similar reason, the emissive
assembly was mounted on the end of a boom (Fig. 13)
which, when extended, placed the filament 150 cm
(one spacecraft diameter) ahead of the spacecraft
surface in orbit. The boom was electrically in-
sulated from the spacecraft. In order to eliminate
the requirement for electron collection to measure
negative potentials in the low density plasma, the

probe 1s biased by -60 V with respect to the space=-

craft.

An electronics package located within the
spacecraft supplies filament heating power (2 W)
aend provides signal conditioning for heater cur-
rent telemetry and plasma potential telemetry. The
package is 7.6 by 7.9 by 14.2 cm, weighs 0.9 kg
requires 3.8 W.

The potential measuring circuit consists of a
resistor divider network. A fraction (0.0013) of
the potential between the filament and spacecraft
is conditioned to be presented to telemetry. The
probe telemetry output is O to 5 V for plasma to
spacecraft potentials of ~52 to +109.5 V. The

digital telemetry system translates the O to 5 V to

0 to 81 counts. Thus, the telemetry introduces a
messurement uncertainty of #1.32 V (+1/2 count). A
second telemetry output to monitor filament heating
current was also obtained.

Ground calibration was accomplished using a
low energy argon ion source and a reference probe.
The plasma from the ion source was stabilized at a
particular ion density and at a potential as close
to the vacuum chamber as possible. Current voltage
characteristics were generated with the reference
probe cold and emissive. The voltage at which the
two disagreed was taken as the plasma potential.
Thé flight probe was then swung into the position
of the reference probe and the telemetry output
recorded. This procedure was repeated for various
bias voltages in the range of +50 to -100 V to ob~
tain a curve of telemetry output versus plasma po-
tential.

Beam Probes

The second probe type was designed for oper-
ation in a high density plasma of 107 to 1010
particles/cms. This density range is typical of
the ion densities in the Hg ion thruster beam. The
beam probe emissive assembly (Fig. 14) is 7.6 cm
long by 1.3 cm by 0.64 cm and weighs approximately
30 g. The emitter is a 1 em long, 0.178 mm dlam-
eter Ta wire. The shield or "guard electrode” on

the tip is electrically floated. The higher density
of the ion beam plasma did not necessitate main-
taining the shield at filament potential since
sheath thicknesses are more than an order of mag-
nitude smaller than in the ambient density range.

A probe and a portion of the system circuitry are
mouhted on an actustor (Fig. 13) adjacent to each
thruster. By means of the spacecraft command sys-
tem, the actuator is energized to sweep the probe
tip through the beam. The probe electronics auto-
matically comes on when the sweep begins. The path
of the probe tip is a 22 cm radius, 340° arc which
passes through a point within 1.75 cm of the beam
axis and 12.5 cm from the accelerator plate. The
sweep takes 48.510.5 sec so that the probe passes
across the accelerator in 5 to 6 sec. The bean
probe electronics is almost idemtical to that of
the ambient probe. However, the probe bias circuit
was not included, since the ion thrust beam par-
ticle density is great enough to ensure electron
collection by the emitter when the probe potential
is positive with respect to the spacecraft. The
circuitry also contains protection against high
voltage breakdowns (arcs) from the thruster.

The probe potential telemetry range is 0 to
61 counts for -46 to +99 V plasma. This intro-,
duces an uncertainty of #1.77 V (£1/2 count) in the
potential measurement., The emitter current telem-
etry range is O to 37 counts for O to 3.2 amps rums.

Ground calibration was accomplished in a man-
ner similar to the ambient probe. The ion source
used was a mercury ion thruster. The plasma po-

~ tential was determined by heating the floating

reference probe from the nonemissive to the
emissive condition and observing the emitted or
collected current. The potential at the knee of
the current versus voltage curve was taken as the
plasma potential.

Appendix B
Detailed descriptions of. the SERT IT mission

_ and flight objectives are presented in Ref. 1.

However, certain spacecraft and ion thruster char-
acteristies that are pertinent to probe measure-
ment ability or spacecraft equilibrium potential
are described below.

Spacecraft

The spacecraft is in a nearly circular,
1000 ¥km, retrograde, polar orbit. The ineclination
angle is 99°. For this orbit, the spacecraft will
be in continuous sunlight for 280 days, with the
exception of solar eclipses. The orbit, with the
Earth's rotation, then results in the spacecraft.
passing over nearly all points on the Earth at an
altitude of 1000 km at either sunrise or sunmset,
local time. The orbit thus allows a complete map
of spacecraft potential variations as a function of
both latitude and longitude to be obtained.

In orbit, the orientation of the spacecraft,
shown in Fig. 15, is such that the plane of the
solar array is aligned along the velocity vector.
This, coupled with the orbit inclination, means
that the plane of the solar array is also approxi-
mately parallel to the Barth's magnetic field.
Variations from this position (yaw misalignment)
were estimated to be less than 2 degrees. The
major axis of the spacecraft is aligned along an



Eerth radius line.
than 2 degrees.

Deviation from this was less

The complete spacecraft in orbit, shown in
Fig. 15, consists of two basic cylindrical struc-
Ctures plus a solar array. One structure is 1.1 m
long and 1.5 m in diameter. It houses all experi-
ments and accessory instrumentation. This struc-
ture is directly attached to the empty Agena roc-
ket. The empty Agena consists of a cylindrical
section 4.6 m long and 1.5 m in diameter, plus a
1.5 m section containing the rocket nozzle and
solar array. . These factors result in an area for
ram ion current collection of 10.4 m® which is the
frontal area of the spacecraft.

A variety of surface coatings resulted from
thermal control considerations, i.e., paint,
polished Al, and Al tape. All pailnts used were of
a nonconductive type. All unpainted metal surfaces
on the main cylindrical section were electrically
connected to a common spacecraft ground. The ther-
mal control pattern resulting, therefore, allowed
the possibility of small potential gradients across
the spacecraft surface.

All portions of the solar array were treated
with nonconductive paint with the exception of the
soldered connections between the cells. These un-
painted connectors had nominal dimensions of
10 em X 1.52 cm each. The solar array was wired
such that approximately 43 percent of the unpainted
area of the array was below spacecraft potential,
and approximately 57 percent was above spacecraft
potential. This is illustrated in Fig. 16 where

the spacecraft-space potential difference is plotted '

as a function of exposed solar array area which is
above 'plasma potential.

All of the on~board experiment data is com~
mutated for ground transmission. Ground trans-
mission is accomplished with 350 mw at 136 MHz.
With this system, the ambient probe data is sampled’
once every 4 minutes. This, coupled with the
108-minute orbital period, results in one ambient
probe data point per 13° of geographic lattitude
being obtained. Beam probe data is obtained once
every 4 seconds that the probe is sweeping.

Thrusters

Two ion thrusters were on-~board the spacecraft.
Both systems were operated consecutively. The
thrusters were of the Kaufman electron bombardment
type, utilizing mercury as a propellant (Fig. 17).
As shown in Fig. 1, the thrusters were canted a
nominal 10° from the spacecraft longitudinal axis.
Consequently, one thruster, when operating, raised
the orbit by approximately 3.6 km/week. The other
thruster, when operated, lowered the orbit by a
similar amount. The majority of the data reported
herein was obtained when the orbit raising thruster
was operated.

The schematic of the thruster system is showm
in Fig. 18. It shows the various power supplies
necessary for operation of the thrusters. The
thrust beam exits from the accelerating structure
which consisted of a beam forming electrode and an
acceleration electrode (Fig. 17). Each electrode
contained 847 holes within a 15 cm diameter. There
is no decelerating electrode. The electrons, -
necessary for neutralization of the ion beam, were

obtained from the neutralizer located downstream of
the accelerating structure. A perforated metal
screen, at spacecraft potential, surrounded the
thruster. This metal screen was within 1.2 em of
the neutralizer cathode tip.

The nominal potential profile of & thruster is
shown in Fig. 19. The thruster normally produced
8 253 mA ion beam at a nominal accelerating poten=-
tial of 3000 V. However, each thruster was oper=-
ated for short periods at 95 and 205 mA ion beam
current. .

The neutralizer was a ?l§sma discharge device
utilizing & hollow cathode.(3) The neutralizer was
electrically isolated from the thruster system. A
power supply (Vg) was provided to allow biasing the
neutralizer relative to the spacecraft. This bias-
ing supply was capable of changing the neutralizer-
spacecraft potential difference, on command, from
zero .to a nominal 25 or 50 V. The supply was
current limited at about 360, mA.

Appendix C

The equilibrium potential of a spacecraft in
orbit will, in gemneral, be different from that of
the surrounding space plasma. Many factors affect
the magnitude of the spacecraft p?tﬁntial. Among
the more significant factors are: 9

(a) Electron temperature, Te

(b) Debye length

(c) Spacecraft~ion velocity ratio, SS/C/Si
(d) TIonic mass, M;

(e) Electron and ion demsities (1, amd 14,
respectively)

(f) VX B effects

(g) Exposed positive potentials
(h) Photoemission
(i) BF rfields

- For vehicles orbiting in the upper Fp-layer
(~1000 km), these factors generally result in a
spacecraft potential negative with respect to the
space plasma. This negative potential difference
is usuglly on the order of several electron
volts.{9) The exact value being dependent on the
relative weights of the various effects. For such
vehicles, in sunlight, generally the contirolling
factor on the potential i? fhotoelectric emission
from spacecraft surfaces. 9 However, it is shown
that for the SERT II spacecraft, exposed surfaces
at positive potentials seem to be the controlling
factor on the equilibrium potential.

inferred from the work of Bourdeau and
Donley(15) and Whale(26), the effect of RF fields
should -be no greater than a few tenths of a volt
with the SERT II spacecraft, the effect of RF was
neglected.

For a spacecraft in orbit, neglecting RF,
magnetic, and photoemission effects, equating of
ion and electrdn currents require that



1/2
kT

2} e (=) ()
21M, kT

eAiNiSS/C + eAJ-NiSi = eAeNe

e e
where

Ao ' Effective electron collection ares

N3 Ion numbef density -

k Boltzmann constant

Bg /C Spacecfa.ft velocity

Mo Electron mass

85 Ton velocity

v Spacecraft-space plasma potential difference
Te Electron tempersture .
Ay Ram ion curreﬁt collection ares

I\Ie Electron number density

e Electron charge

Te Electron temperature .

AJ- Thermal ion current collection ares

The first term on the left side is the ram ion
current. The second term is the thermal ion cur-
rent. The term on the right side is the collected
electron current. If charge and thermal equili-
brium is assumed, then this reduces to

1/2
KT 3
- Ag e o A (2)
anMg kT, .

Further, for a spacecraft moving with orbital
velocity through the Fy-layer, Vg/o >> V;i. Also,
for the SERT II spacecraft, Aj ~ 4A;. Therefore,
the above equation reduces to

- 1/2
el expl= (3)
2, kT,

For spacecraft potentials significantly (~10
kT./e) below plasms potential, the above equation
reduces to

AiSgfc = Ad

1/2

T .
= Ae(gj: e\)v (4—)

4, = _f_iiS[_C__ (4__3)

or

It is of interest to calculate the ram ion

current, The ram :Il.on current is given above by
I3 = A48 /ce (5)
Now A; = 10.4 e (Appendix B)
‘N, = 2x10* particles/cn® (Ref. 18)
SS/C = 7.35%10° M/sec
Therefore
Jy = 0.24 mA
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Spacecraft potential | Electron collection
Vg 40 5 are;z Ag,
Measured | Calculated
-6.4 0.46 1.18
-8 .42 1.08
TABLE 1  CALCULATED AND MEASURED ELECTRON

COLLECTION AREAS FOR TWO
SPACECRAFT POTENTTALS °

10

Position Ion beam-neutralizer potential
difference Vg,
v
Ground test| Northern | Southern
v hemisphere [hemisphere
v v
R=0cm 6Ll 67 62
(beam .center)
R =17 cm 23 22 27
(Neut. position)

TABLE 2  ION BEAM-NEUTRALTZER POTENTIAL DIF-
FERENCE DURING FLIGHT AND GROUND TEST
AT TWO BEAM POSITIONS



Ground Test Data Flight Data
VS 2 VS/C, VB (Iﬂﬁ.x) 5| IS’ VS, VS/C VB (ma.x) , IS’ Ig,
v v v mA v v v mA mA
52 | =66 >38 250 || 52.0 | =77.7 | =75.1 | >26.3 | >28.9 | 258 | 253 | 258 | 250
26| ~40 47 255 || 26.7 | -46 -46 43,7 39 258 | 253 | 258 | 258
0 =14 T 47 250 ¢ 0 -19.5 | -19,5 | 46.4 41.6 | 258 | 253 | 258 | 258
O === ——- 205 o] -16.8 | =16.8 | 37.2 | wmem= 1205205} 205 |205
0 e —— 90 o] =16.8 | «19.5 | 25.3 | wm=m=! 95 95 94 95
.0 0 .0 ¢} o] ~6.4 =9.0 0 0 0 0 o] 0]
-24 8 54.5 255 || -22.6 ~2.3 1.7 58.8 53,3 | 258 | 253 | 325 | 316
=39 22 64 255 |[-28.9 ~0.9 7.0{ 65 63.4 | 258 | 258 | 343 | 343

TABLE 3 GROUND TEST AND FLIGHT NEUTRALIZER BIAS EXPERIMENT DATA. FLIGHT
PARAMETER VALUES IN LEFT OF DOUBLE COLUMNS ARE FOR NORTHFRN HEMISPHERE,
RIGHT ARE FOR SOUTHERN HEMISPHERE
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Figure 2. - Spacecraft potential as a function of
geomagnetic latitude for sunrise and sunset.
Passive spacecraft.

SPACECRAFT POTENTIAL, V¢, V

16 ECLIPSE

PERIOD
=
O 0 o
8l o o o 0o
O O OO
' IS N IR I I
(A) SUNSET.
-16__
ECLIPSE
PERIOD
8l —N
0 | | | I | |

90 60 30 0 -30 -60 -90
GEOMAGNETIC LATTITUDE, DEG

_(B) SUNRISE.

Figure 3. - Spacecraft potential as a function of
geomagnetic latitude for sunset and sunrise show-
ing eclipse data. Passive spacecraft,



Spacecraft potential, VS,C, v

SPACECRAFT POTENTIAL, V/c, V

-10— ——O—  BEAM PROBE 1
———~—— BEAM PROBE 2
~~——— SPACE PROBE

S
T oO—O0—0—@ E[D—Ot—:j
0.

-180 ~120 -60 120 180
BEAM PROBE ANGULAR POSITION, ¢, DEG

Figure 4. - Spacecraft potential as measured by the
space probe and beam probe. Abscissa is the
angle between the beam probe arm and the space-
craft velocity vector. lon beam current, zero,

=30 —
00 OamY 0D O 0
0 00 0 © 00 000
0 00 00 o o
-20 — 000 0 0O
0 00 0000
o o
7Y I R N R N N
(A) SUNSET.
_30-——
® o W o o
0000 @O ©00O0 O O
-20 |— 000G OMOO O ADOOOO @ O
000 0000
10 I | | | | |

90 60 30 0 -30 -60 ~80
GEOMAGNETIC LATTITUDE, DEG

(B) SUNRISE.

Figure 5. - Spacecraft potential as a function of
geomagnetic lattitude for sunset and sunrise.
lon beam current 253 ma,



BEAM POTENTIAL, Vp, V

SPACECRAFT POTENTIAL, V¢, V

©  NORTHERN HEMIS PHERE
L 1. o SOUTHERN HEMISPHERE
Sk ¢ GROUND TEST
D ' & INACTIVE THRUSTER
/ PLANE OF
MEASUREMENT
V¢lc= -14V GROUND TEST
Ve = <19.5V FLIGHT DIAMETER ENCLOSING HOLES

= T IN BEAM FORMING ELECTRODE

INTERSECTION OF PROBE PATH
WITH 43.8° HALF ANGLE CONE
" THROUGH NEUTRALIZER

o

| ] ] l ] ] | | |
50 40 30 20 10 0 10 2 30 40 5
DISTANCE FROM BEAM AXIS, R, CM
i L1 L1ty A Y (R T
8% 75 604530 0 0 304560 75 85
HALF ANGLE, 8, DEG

Figure 6, - Beam potential as a function of perpendicular
distance from beam axis. Neutralizer bias zero, lon
beam current 250 ma,

~10— O SOUTHERN HEMISPHERE
NORTHERN HEMIS PHERE
¢ GROUND DATA

0

| | l | |
B 0 2 10 5

NEUTRALIZER BIAS VOLTAGE, Vg, V

Figure 7. - Spacecraft potential as a function of neutrali-
zer bias voltage. lon beam current, I, 253 ma.




O SOUTHERN HEMISPHERE
0O NORTHERN HEMISPHERE
©  GROUND TEST DATA

-30 P
>
e =
N7
22 A
from
= § o —0
10 | | | I |
-40 -2 0 - 2 40 60
NEUTRALIZER BIAS VOLTAGE, Vg, V
Figure 8. - Neutralizer potential as a function of neutrali-
zer bias voltage for the northern and southern hemi-
spheres. lon beam current, I5, 253 ma.
O -28.7V BIAS
0 0 -22.8V BIAS
¢ 0.0V BIAS
N A 26.1V BIAS
tJB‘ / 0 526V BIAS
ol ,‘m"g%ggwm DIAMETER ENCLOSING HOLES IN
> BEAM FORMING ELECTRODE
= ! aa
e INTERSECTION OF PROBE PATH
= e WITH 43. 8° HALF ANGLE
= CONE THROUGH NEUTRALIZER
(g e
o 20
(a9
g T
o ]

Y L | | 1 | |
5 4 30 20 10 0 10 20 30 40 X0

DISTANCE FROM BEAM AXIS, R, CM
[ L1 111} [ S N
8 75 6045 150 015304560 75 8
HALF ANGLE, 8, DEG
(A} NORTHERN HEMISPHERE.
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lon beam current, I, 253 ma.



(>4
[=]

5 8
1

BEAM POTENTIAL, Vg, V
(=]
l

o -28.7V BIAS
o -22.8V BIAS

[© - 0.0V BIAS

& 2.1V BIAS

O 52.6V BIAS

DIAMETER ENCLOSING HOLES IN
BEAM FORMING ELECTRODE

INTERSECTION OF PROBE PATH
WITH 43. 8° HALF ANGLE CONE
= THROUGH NEUTRALIZER

i
¥

| L 1Y |
10 0 10 20 30 4 5

50 40 30 20
DISTANCE FROM BEAMAXIS R CM
1 J
& 75 60 45 150 015 45 60 75 85
HALF ANGLE, 6, DEG
(B) SOUTHERN HEMISPHERE,
Figure 9. - Continued.
o -39V BIAS
O -24V BIAS
& Q0VBIAS
DIAMETER ENCLOSING & 2%V BIAS
HOLES IN BEAM o 52V BIAS
~ 80 FORMING ELECTRODE
- -~ -
2 60 INTERSECTION OF PROBE
i PATH WITH 43, 8° HALF
= ANGLE CONE THROUGH
& i NEUTRALIZER
§ 20 . o ©
= o
o0
-20 | | I | i | |

| |
5 40 30 2 10 0 10 2 30 4 50

DISTANCE FROM BEAM AXIS R CM

L1 1] | |

85 75 60 4530 0 0 3045 60 75 8

HALF ANGLE, 6, DEG
(C) GROUND TESTS.

Figure 9. - Concluded.



ION BEAM-NEUTRALIZER POTENTIAL DIFFERENCE, Vgy, V

1007~ © R=0
0 R=17cm
80—
0. -
60 A
) \0\
20— — —
(A) NORTHERN HEMIS PHERE.
100—
60 - =0 -_.é
'y D\D\'E‘\D‘__ﬂ
20 S
o 1 | | | |
(B) SOUTHERN HEMIS PHERE,
100—
30

60
40

20

0
-40 -2 0 20 40 60

NEUTRALIZER BIAS VOLTAGE, Vg, V
(C) GROUND TEST.

Figure 10. - lon beam-neutralizer potential difference as
a function of neutralizer bias voltage for the northern
and southern hemispheres. lon beam current, Is,
253 ma.



Et'. 80 —
]_
& O NORTHERN HEMIS PHERE
S > O SOUTHERN HEMISPHERE
v = 60 — © GROUND TEST (22 ma NEUTRALIZER
N > MASS FLOW) REF. 22
o
=8 4
==
R
=E 0
(=]
2
Z 0 | | | ! | | 1
= 80 120 160 200 240 280 320 360

NEUTRALIZER EMISSION CURRENT, Io, ma

Figure 11. - Variation of ion beam-neutralizer potential
difference with neutralizer emission current for

R=17cm. :
TEFLON
/' INSULATORS
III

P ¢ STAINLESS FAI203
N /ol f\ STEEL LEADS INSULATOR
) |
N/ ¥ / TUNGSTEN
1y P |
1 A [}

EMITTER~
\

s

m— ; / ‘\\
L' Y / LSHADOW
STAINLESS STEEL / / SHIELDS
HOUSING / /
/ 7 LBIASED SHIELD
£SHIELD BIAS // (STAINLESS STEEL)
RESISTOR ZTEFLON INSULATOR

CD-10753-28
Figure 12. - Ambient probe emissive assembly.

2



/
CD-10768-31

Figure 13, - SERT-II spacecraft.
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Figure 15, - SERT-1I spacecraft in orbit (artist conception).



EXPOSED ARRAY AREA, A, m2

—
N

l

~
I

0 | | | |
20 0 2 10

SPACECRAFT-SPACE POTENTIAL
DIFFERENCE, V¢, V

Figure 16. - Measured exposed solar array
area as a function of spacecraft-space poten-

tial difference.

R FNEUTRALIZER
/' PROPELLANT
rMAIN RESERVOIR

| PROPELLANT /

1
i
!
-
NITROGEN | | RESERVOR /' ~ISOLATOR
GAS | ! cmBAL / / THERMAL
RESERVOIR~ i ] /7 EQUIVALENT
2 ! [
<GROUND SCREEN | ' //rDISTRIBUTOR
N // POLE PIECE

Y ~NEUTRALIZER

!

[ -~ VAPORIZER
. ~BAFFLE

FLOW SPLITTING ORIFICE~
MAIN CATHODE~™

' MAIN CATHODE KEEPER- /* /' 7
/ 7
ANODE—{ ,/ /
BAR MAGNET~/

=\ ~NEUTRALIZER
“ KEEPER
“~NEUTRALIZER
CATHODE

/ ‘\ ,/
£SCREEN: 1/
ACCELERATOR- i

D-10317-28
CO-10317-2 GROUND SCREEN
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