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MANNED LURAR LANDiNG - STRATEGY OF SYSTEM MANAGEMENT AND OPERATIONS

Doneld C.
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Asslistant Chief for Engineering and Development
Guidance and Control Pivision-
NASA Manned Spececraft Center
Houston, Texas U.S5.A.

ABSTRACT

The Apollo Lunar Landing Mission planning involves
the development bf hoth & spececraft system and a
strategy of operation of that system. Considerable
developmental flight testings will be accomplished
prior to the Iunar Landing Mission. Although the.
development flight tests will exercise the lunar

- module system the luner landing approach will he the
first time that the lunar module system will have
been operated in other then a simulated landing ap-
proach. This landing approach will alsoc be men's
initiasl face-to-face encounter with certain of the
luner surface environmental problems. This peper
discusses the development of & strategy for the lu-
nar landing approach. This strategy relates the
spacecraft systems management to the lunar landing
objectives and to anticipated system performance and
lunar environment problems.

INTRODUCTION

The lending of the lunar module (ILM) upen the sur-
face of the moon will be a mommental milesione of
the Apollo mission. The fact that this lending
will be the first time that the complete LM system
will have been operated in the lunar environment
further emphasizes this milestone. This will also
be man'’s initial face~to-face encounter with the
exact nature of the terrain in the landing area and
with the problems of visibility as they may affect
the ability %o land the ILM. To insure success of
the landing mission, the nature of the problems
thet will be countered during the landing approach
must be enticipated and a concept of system manage- '
ment that affords highly favorable conditions for
the approach must be developed. The purpose of
this paper is to discuss the problems of the lunar
lending mission, and to present how the Apollo LM
system design hes been combined with an cperation
strategy to achieve = high probability of mission
suCcess.

BASTC MISSTON APPROACH

The Apolle 1lunar landing mission concept calls for
the Apollo spacecraft consgisting of the command and
service modules (CSM) together with the LM to be
injected anto an orbit about the moon. From this
orbit, the IM will separate from the CSM and de-
scend to the lunar surface.

Considering the entire LM descent afier sepé}ation
from the commend module (CM) in lumar orb;t, a

theoretical landing maneuver could consist of &
Hohmann transfer impulse on the back side of the
moon with a chenge in charscteristic veleoelty {AV)

» of 109 ft/sec, followed 180° later by en impulsive

veloeity change of about 5622 ft/sec as the IM ap- |
proaches the luner surface (figure 1), The flight-
path angle in the final portion of the approach
would be 0°.

Such a theoretical approach would require infinite
thrust-teo-weight ratio by the descent engine. This,
of course, is an impossible and impractical approach.
A finite thrust-to-weight ratio of the descent en-
gine must be used and the approach path must account
for lunar terrain varietions and uncertainties in
the guidance system.

Since lunar terrain variations of as much as

+20 000 feet could be expected and sinee uncertain-
ties in the value of the lunar reference radius,
coupled with guidance dispersions, could add another
15 Q00 feet to the uncertainty, a conservative safe
value of 50 000 feet was chosen as a pericynthion
altitude. From a performance standpoint, the cholce
of 50 000 feet ss opposed to either 40 000 or

60 000 feet was quite arbitrary since the difference
from the standpoint of fuel requireheqts was very
slight, as .indicated in figure 2. The initial
thrust—-to-welght ratio of the IM descent engine will
be about 0O.3.

Combining this thrusti-to-weight ratio with a peri-
eynthion altitude of 50 000 feet lesds to the de-
geent profile, as shown in figure 3. The separation
and Hohmann transfer maneuver requires glightly less
AY due to the pericynthion sltitude incresae. The
powered descent portion approaching the landing
ares, however, requires a AV of 5925 ft/sec, which
is & considerable increase over the infinite thrust
requirement. )

A scaled trajectory profile of this theoretical IM
powered descent is shown in figure 4, indicating
that the entire descent takes approximabely

220 nautical miles, The IM velocity and attitude
iz shown periodically along the flight profile.
This trajectory has the predominant characteristics
of a low, flat profile terminating with a flight-
path angle of about 9°, An obvious feature is that
the crew, considering the locetion of the IM win-
dow, never have the opportunity to see where they
are going. They can look either directly up, or,
if the IM is rotated sbout its thrust axis, can
look down at the surface, but they are never able
t¢ see in the direction they are going.

|
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If the crew is to perform any assessment of the
landing area or out-the-window safety of flight
during the approach, it 1s cbvious that the latter
portion of the trajectory must be shaped so that a
different attitude of the IM can be used during the
approach. OShaping the trajectory away from the
fuel optimum approach will result in a penalty in
fuel requirements. Both the amount of time the
erew will require toc assess the landing ares and
the range from which the landing ares can be ade-
quetely assessed must be traded off sgeinst the
amount of fuel involved in the penalty of the shap-
ing. It soon becomes obvious that a strategy is
needed that will trade off the system capabilities
of the spacecraft and the crew capabilities against
the unknowns of the lunar enviromment encountered
during the descent from the orbit, in order to in-
sure thaet proper utilization of the onboard systems
can be made to greater advantage.

STRATEGY CONSIDERATIONS

The IM landing strategy ¢an be defined as the
seience and art of spececraft mission planning ex—
ercised to meet the luner environmental problems
under advantageous conditions. In order to plan
strategy, the objectives, the problems to be faced,
and the characteristic performance of available
systems need to be well known.

The obJectives of the IM landing plenning strategy
are to esnticipate-the luner environmental problems
and to plan the landing approach so that the come
bined spacecraft systems, including the crew, will
most effectively improve the probability of attain-
ing a safe landing. The mejor factors that mwust be
considered in this strategy are the problems brought
about by the orbital mechanies of the lending ma-—
neuver, the limitations of the spacecraft systems
(including limitations in fuel capacity and payload
capability), and the constraints of the luner en-
viromment (including terrain uncertainties, visi-
bility, and determination of suitable landing
positions).

The orbitsal mechanlcs aspects have been discussed in
the preceding section. The lunar envirommental
constraints will be discussed in a subsequent sec-
tion. The remeinder of this section is concerned
with descriptions of‘the spacecraft systems and the
mission lending position requirements.

Although all of the IM systems are important to at-
tain the lunar landing, those affecting the strategy
are (a) the guidance and control system, (b) the
landing radar, {c) the spacecraft window, and

(d)} the descent propulsion system.

Spacecraft Systems

Guidance end control system.- The guidance and con-
trol system is important %o the'landing strategy in
that it is the means whereby the flight plan is ex-
ecuted. The performance uncertainties of this sys-
tem determine the securacy with which each segment

s
bf the flight plan is accomplished as well as the
area of the lunar durface that must be considered
for & possible landing site.

Two sources of lunar orbit navigation informetion
will be available to initiaslize the IM guidance
system, The Manned Space Fright Network {MSFN)
will be the prime source of this information. The
second scurce will be the navigation performed on-
board the CSM prior to the separation of the IM.
The C¢SM system used for this nevigation function,
&8 well as the LM guidence system, is desceribed by

Chilton.l The aceuracy of the lunar orbit navige-
tion, whether performed by the MSFN or by the space-
creft onboard system, determines the position and
veloclty uncertainties at the start of the IM de-
seent.

Assuming that the guidance system will be updated
by landing radar te eliminate the altitude disper~
sions, the landing dispersions will be a2 function
of the initisl condition uncertainties brought about
from lunar orblt navigation coupled with the iner-
tilel system drift during the powered descent. 4
sumeary of the navigation uncertainties for both
the IM initimslizetions, and at the termination of
the orbit transfer and the powered lending approach,
is presented in figure 5.

The 30 landing dispersion ellipses are shown graph-
ically in figure 6 for cases where the lunar orbit
navigation was done by the MSFN snd elso cnboard
the CBM. The ellipses are quite similer. In the
case of the MSFN, the major axis is slightly short-
er and the minor exis is slightly longer than those
for the case utilizing CSM-onboard navigastion.

IM control system.- The control of the IM during
the descent to the surface can be provided automat-
ically throuvgh steering commends genersted by the
guidance system and manually by the crew by inputs
through an attitude controller.

A description of the IM control system is presented

by Trageser and Hoag.2 The primary contreol system
stebilization utilizes a digital autopilot mode of
the guidance computer. Figure T shows the attitude
thruster firing combinations to creste control mo-
ments. The engines are located on an axes system
rotated about the IM descent engine thrust area 15°
from the spacecraft axes. They are operated as

,control couples for three-axis asttitude econtrol.

Two control couples are available for each axis.

The method of providing translational control while
in the hovering condition is to tilt the spacecraft
by means of the attitude, control system. This pro-
duces a laterzl component of acceleration from the
descent engine thrust in the desired direction which
is stopped by returning to vertical and reversed by
tilting in the opposite direction.

"During the deacent the attituvde control system is

also coupled to a slow-moving gimbal actuastor sys-
tem of the descent engine to ensble & means of
trimming the descent engine thrust direction so

Superior pumbers refer to similarly numbered references at the end of this psper.



“+ M window system.-

that 1t passes through the IM center of gravity.
The trimming system reduces undesireble torques
from the descent engine in order to conserve re-
action control system (RCS) propellant.

Landing rader system.- The LM landing rader system
ig important in landing strategy. As indiceted
earlier, it is used to eliminate the gnidance sys-
tem altitude dispersions and, also, the uncertain-
ties of knowing the altitude from the lunar surface
prior o beginning the descent.

The IM ls;.nding radar ig a four-beam dopple system

with the beam configuration shown in figure 8., The -

center beam measures the altitude, and the other
three beams measure the three components of veloc-
ity.

Two positlons of the landing radar antenna provide
both altitude and velocity measurements over a wide
range of spaceeraft atfitudes. In the first posi-
tion, the entenna is tilted back from the thrust
axis by spproximately 24° so that the altitude beem
““will heve a reasonably steep incidence a.ngle to the
surface during the early portions of the descent
and, hence, will still provide accurate altitude in-
formation, As the LM approaches the landing ma-
neuver, the antenna is physically switched to the
second position meking the altitude beem parsllel
40 the X-oxis of the IM.

The landing radar will begin to provide altitude
measurements at an approximate altitude of

30 000 feet. These altitude measurements will be
used to update the inertial system starting at an
sltitude of about 25 000 feet. The radar veloclty
updates will begin at approximately 10 000 feet,
The lending radar desired accuracy is given in
table T,

The IM window, although perhaps
not normally considered a system, iz a very impor-
tant part of the landing strategy because it is
through this window that the crew must chserve the
lending area to confirm the adequacy of the surface
for touchdown. The physical configuration of the
IM window is showm in figure 9. This drawing is a
view from within the IM cockpit showing the left
hand, or the command pilot's, window. The window
is triangular in shape and skewed so that it pro-
vides meximum viewing angles for the landing ap-
proach maneuver.

Although the window is not large in size, the pi-
lot's eye position is normelly very close to the
window so that the angular limits provided are quite
wide., These anguler limits are displayed in fig-
ure 10, showing the limits as viewed from the com-
mender 's design-eye position, The plot shows the
gzimuth and elevation varietions of possible view-
ing limits referenced from a point where the pilot
would be looking straight shead, with respect to IM
body axes (parsllel to the Z-body axis), for the
zero point. It is possible for the pilot to see
dovmward at an angle of about 65° from the normal
eye position and to the left side by spproximately
80°. 1If the pilot moves his head either closer to
the window, or further back, these limltations
change slightly.

The guidence system is coupled wlth the window sye-
tem through grid markings zo that the pilot can cb-
serve the intended landing area by alining his
line-cf-aight with the grid marking according to
information displayed from the guldance systen.
Flgure 9, in addition to showing the window system, .
ghows the location of the display and keyboard,
which among other things provides diglital reedout
information from the guldance system. The proce-
dures for utilizing these integrated systems for
landing site designetion and redesignation will be
discussed later in this paper.

Descent propulsion system.~ The descent engine ig
an extremely importent system to the design of the
IM descent strategy. Initially, the descent engine
was capable of being throttled over s range from 10
to 1. Design considerstions, however, have mede it
necedzsary to 1imit the throtfile capability to that
shovn in figure 1l. This figure shows that at the
start of powered flight, there is an upper fixed
position of the throttle which would nominslly pro-
vide approximately 9700 pounds of thrust. As long
g5 the throtile is meintained in this fixed posi-
ticn, thrust megnitude will very according to the

"nominal solid line.

’

At the start of the powered flight, approximately 1
11.5 percent uncertainty in the thrust is expected
et this fixed-throttle setting. The uncertainty
grows up to +2.5 percent af'ter spproximately

300 seconds of fixed-throttle usmge.

The descent engine is always throttleable, in the
region of 6300 pounds of thrust, to approximately
1050 pounds of thrust. The change from a fully
throtileable engine in the upper region of the

-thrust level to & fixed-throtitle position affects

the guidance procedures during the initial powered

_descent, as will be explained later,

Mission Lending Position Requirsment

Important strategy considerations are the types of
requirements that are placed on the landing positiecn.
The first congideration is a requirement to land at
any suitable point within a specified area, with the
implication that the area could be gquite large, Ob-
viously, if the area is large enocugh, the require-
ments on the guidance system would be diminished
considerably.

The second type of requirement is that of landing at-
any sultable point within a reascnably small area,
constrained in size primarily by the guidance dis-
persions. This would, of course, dictate that the
gize of the area chosen will be compatible with the
capabilities of the guidance and navigation system.

The third consideration is that of landing at & pre-
specified point,. such as landing within 100 feet of
the position of a surveyor spacecraft, or perhaps
another type of spacecraft, It is obvious that bthis
latter consgideration imposes the greatest require-

ments on the strategy and also the guidance system,

and would require some means of estsblishing contact
with the intended landing position during the ap-
proach.



The present strategy is primarily based upon the
second congideration---that of landing in areas of
the size compatible with the guidance system dis-
persions. If, however, the landing area can be in-
creagsed in size to the point such that dowmrenge
position control is not of primary importance, the
associated stretegy is not greatly different frem
that for the requirement assumed since the
trajectory-shaping requirements would be the same
for the terminal portion of the trajectory. The
subsequent discussions of this paper will be based
primarily upon a lending area size compatible with
guldance system disperslons,

- POWERED DESCENT DESIGH

After consideration of all the tradeoffs that could
be identified as worthy of consideration during the
IM powered descent, a three-phase trezjectory design
loglec was chosen. The logic of this design will be
discussed in the subsequent sections; however, the

. general logiec is indicated in figure 12. The first
phase following powered descent inltiation at

50 000 feet is termed the braking phase. This phase
is terminated at what is called a "Hi-gate" posi-
tion. The second phase is termed the final ap-
proach phase, and is terminated at what is celled
the "Lo-gate" position, which is the start of the
landing phase. The landing phase is terminated at
a point referred to as "Touchdown." The total tra-
Jectory covers approximately 250 neutical miles. —
The logic of the braking phase is designed for effi-
cient veloelty reduction. That 1s, since there 1s
no neceggity for pilot visualization of the landing
area during this phase, the attitudes mey be chosen
so that the spacecraft would have efficient utili-
zation of descent engine thrust for reducing ve-
locity. -

During the final approach phase, the traJectory is
shaped to sllow an sttitude from which the pilot
ecan visually assess the landing site. An additional
requirement met by this phase is provision of &
view of the terrain at such a time that the pilot
can confirm the flight safety of the trajectory
prior to landing commitment. The landing phase is
flown very much as a VIOL type of aircraft would be
flown on earth, to allow the pilot vernier control
of the position and velocities at touchdown. The
attitude chozen is flown s0 as to provide the crew
with a detailed visuglization of the landing site.

The scaled profile of the design descent trajectory
is shown in figures 13(a) and (b}, and ineludes an
indication of the spacecraft attitude at wvarious
points along the trajectory. The final apvroach and
landing phases together cover only about 2 percent
of the total trajectory range, although the time
spent within these phases is about 30 percent of the
total time. The logic of the design of the three
phases and a2 summayy of the AV pudget for the de-
scent are discussed in the following sections.

Breking Phage

Objectives and constraints.- The oblective of the
braking phase is to provide efficient reduction of

the horizontal velocity existing at the initiation
of the powered descent., During most of this phase,

the sltitude 1z great enough so that the pllot deoes
not have to worry about the terrain variations and
he can condvet the reduction in velocity at atti-
tudes that allow great efficlency. The major con-
ptraint of this trajectory phese is imposed by the
fixed throttle position thrust of the descent en-
gine. It is desirable to use the maximum thrust of
the descent engine as long as possible in order to
provide efficient utilization of the fuel. There
1s, however, an initial part of the powered descent
which 18 flown et reduced throttle to insure that
the descent engine gimbel trim mechanism has nulled
out-of-trim moments caused by center-of-gravity
offsets.

Ignition logic.— The logic for ignition of the de-
scent engine for initimtion of the braking phase is
as follows. First, the IM state {position and ve-
locity) 1s integrated forward in time. Next, the
guidance problem for the braking phase is solved
{but not implemented) continucmsly with the advanced
IM states ms initial conditions. When the guidance
golution requires the level of thrust equal o the
expected thrust of the fixed-throttle position
{figure 1k4), that solution is chosen for initiation
of braking. Finally when the IM reaches the posi-
tion and velocity state that ylelded the proper
thrust solution, the guidance compuber sends the en-
gine on signal to the descent propulsion solution.
In order to prevent large moments caused by center-

‘of-gravity offset, the engine is ignited at the

10 percent level, insteed of maximm thrust. This -
level is meintained for some 28 seconds to trim the
engine gimbsl through the center of gravity befors
increase of thrust to the maximum, or fixed-throttle
setting. This low level of thrusting is accounted
for in the ignition logic.

Guidance with 1imited throttle.- The general ap-
proach of the breking phase routine, from the stand-
point of the guidance system, Is to utilize the same
type of guldence equations that are appropriate for
the throttled phases which follow. Thus, modifica-
tions in the targeting are reguired to allow for the
utilization of the fixed throttle position during
thizs phase. It ip still desired to vary the state
vector of the IM from its value at the stert of
powerad descent to the state specified at the Hi-
gate position of the trajectory. The guidanee equa-
tions would normally determine the thrust level or
seceleration level and attitude required in order to
make an efficient change in the state. Knowledge of
the initial thrust-to-weight value of the descent
engine allows choice of initial conditions and guid-
ance equations to be utilized in such a wey as to
gelect a time to go for the entire phese that will
use the spproximate thrust-to-weight of the upper
limit of the descent emgine. In actual operation,
the IM gystem during this phese will respond to com-
pends of attitude chenge, but as long as the guidano
system is calling for a thrust above 6300 pounds,
the descent engine will remain.in its fixed (or up-
per 1imit) poesition. If the thrust variation of the
descent engine st this fixed throttle position was
known exactly, the trajectory could be preplanned to
obtein the desired Hi-gete stete vector. In view of
the uncertainties of the desecent engine, however,
the trajeetory must be plamned so that the guldance
gystem will begin eallipng for thrust values in the
region in which the descent engine can be throttled -



"engine can be throttled.

+

(below 6300 pounds) prior to reaching Hi-gate posi-
tion. This provides control over the velogities
when-the Hi-gete position ies asttained, The logic
of this guldance scheme is shown in figure 15. The
figure shows the profile of the trejectories as a

function of range, and also a profile of the descent

engine thrust (both the nominal value and that com-
manded by the guidance system as & function of
range). The nominel thrust-to-welght case is shown
first, and the trajectory is essentially preplenned
by flying backward from the Hi-gate position, firat
using & thrust in the throttleable range to go back
for a periocd of time, the period of time being de-
termined by the possible magnitude of the uncer-
tainty of the descent engine. This, in effect,
determines the fictitious target thet can be used
in the guidence system im the first portion of the
trajectory.

the fixed thrust position. The logic of the guid-
ance iz perhaps best explained by comparison of the
actual value of thrust with that commanded by the

- guidance system, even though, in the upper thrust

region, the descent engine is not responsive to
these commends. Initislly, the guldanece system is’
directed to & fictitiocus target upstream from the
Hi-gate state. The nominal thrust-to-weight varia-
tion follows the solid iine {figure 15), and the
guidance system computes the commanded variation of
thrust-to-weight shown. At an intermediate posi~
tion, the guidance targeting is switched from that
of the fictitious target to that of the Hi-gate
target. - The discontinuity seen in the commanded
position hazs no effect on the system, since, in this
region, the descent engine throttle is not respon-
sive to the guidance system. If the thrust-to~
weight.value remains nominal, the commended
thrust-to-weight magnitude will greadually decrease
until it is within the region in which the descent
This will nominelly occur
at the fictitious target position. Then, the guid-
ance system has a number of seconds before the IM
attaing the Hiw-gate position, in which to maetch the
velocity and position desired at ‘the Hi-gate posi-
tion., From Hi-gate onward, the commanded thrust
will be at or less than the maximum in the throt-
tleable renge. Figure 16 illustrates the thrust
profiles (commanded end actual) for low and high
thrust-to-weight ratios. In the case of the low
thrust-to-weight ratio, where the actusl value of
the thrust is less than that of the expected nomi-
nal, the initial commanded thrust has the same type
of varietion as the nominel prior to the switchover
point. Bub after the switchover point, there is a
delay in time and range in getting to the region
where the commanded thrust reaches the throttleable
region, Thils point is thus only a few seconds
prior to attainment of Hi-gate position. The ex—
treme low thrust-to-weight would be that in which
the commanded thrust would reach the throttleable
region thrust exactly at the time the Hi-gate posi-
tion was reached. For the case wherein the thrust-
to-weight is higher than nominal, the commanded
thrust will attain the throttleable pogition a num~
ber of seconds before that for nominal thrust.

This allows a much longer time to effect the desired
veloeity condition at the Hi-gate position. How-
ever, this means that the region ahead of the Hi=
gate is being flowm at a much lower thrust-to-

welght retio for a longer period of time than weould

The fictitious target 12 based upon the
nominal thrust profile when the descent engine is in

be degirable from a standpoint of fuel efficlency.
This cage jnvolves the greeatest fuel penalty.

Figure 17 shows the 4V penalty varlation due to
fixed~thrust uncertainties. The left-hand scele
indiceteés the AV penalty, the horizontal scale,
the blas time of the fictitious target back from the
Hi-gate terget, and the right-hand scale the thruste-
to=weight uncertainty expressed In + percentages.
The figure indicates thet the *2 percent uncertainty
of the descent engine will require a blasg time of
epproximately 65 peconds, and will invoke a bims

AV penalty on the order of 45 ft/aec.

Landing rader updeting.— The effect of landing radar
updating on the guidance commands is important from
the standpoint of eliminaetion of altitude uncer-
tainties, and the resulting changes in ettitude and
throttle settings required by the chenge in golution
of the guldance equations. The effect of landing
redar update is a continuing effect throughout the
tra)ectory once the initial update altitude is
reached; therefore some aspects of the following
discussions will involve the final approach phease
and the breking phase.

The altitude update is initiated at 25 000 feet, as
determined by the primery guldance system, and is
continued at gach 2-second intervel for the re-
mainder of the spproach. Velocity updates are ini-.
tiated at asbout 9000 feet. The veloclity is updated
& single component at a time, in 2-second intervals
(6 seconds required for a complete update). .The
altitude updating is continued with the velocity
components. After each complete {3 ccmponents) ve-
locity updating, en altitude update only is per=-
formed, sfter which the velocity updating is
continued. The weighting factors for lending radar
altitude and veloecity updating are illustrated (fig~
ure 18) as linear functions of the parsmeter being
updated. These are linesr approximations to optimum
weighting based upon least-squares estimation.

The comparable guidance commands for an ideal de-
scent (no initisl condition errors, no IMU errors,-
no landing radar errors, no terrain variabions, no
DPS uncertainties) and those encountered with an
assumed set of errors and terrsin varlation are
showm in figure 19. 'The 1desl conditiocn piteh pro-
file exhiblte a slope discontinuity at the ficti-
tious target point {TF) for engine throttling. At
the Hi-gate target point (HG), the pitch angle
undergoes rapid pitchup to the conatant attituvde
desired for final near constant {ebout 35° from the
vertical). At the Lo-gate target {TLG, about

500 feet sltitude), the attitude begins to change
in order to satisfy the near vertical attitude de-
sired Just prior to the vertical descent. The-case
for the assumed terrain end navigsticn errors shows
that the pitch angle deviates from the idesl case
by slightly more than 10° at 2 maximum pricr to Hi-
gate, and is ebout 'equivalent to the ideal sfter
Hi-gate. The thrust level shows generally the same
level of command. The pltch angle devistions are of
concern becsuse of possible effect upon landing
rader operation and because of increased expenditure
of descent engine fuel. ,



Beceugse of the interdependence of the guldance sys-
tem end the landing reder, it is necessary to epply
approach terrain criteria by which lunar landing®
sites may be chosen. The present status of the sp-
proach terrain eriteris is shown in figure 20, and
indicates primarily the deviation limits of terrain
elevation which are considered acceptable to the
closed-leop guidance solution. In addition to the
terrain devietion allowance, a8 general slope of up
to +1° 30 nautieal miles back from the landing site
ig nlso-allowed. The basis for the criteris was to
limit the piteh angle deviatlons caused by landing
radear update within 310° of the nominal variation
for the pericd of altitude update prior to attain-
ment of the Hi-gate target. After attainment of,
the Hi-gate target, the mogt important parameter
becomesa the angular margin of the landing position
line-of-sight above the LM lower window limit.

Descent guidance monitoring.- An Important crew

function during the breking phase is to monitor the
performance of the guldance system cnboard. This
is done by checking the solution of the primary
guldance system with the solution of position and
velocity obteined from the abort guidance system.
This is aceomplished by periodic differencing of
the primary and sbort guidance solutions of alti-
tude, altitude rate, and laterel veloecities. The
eltitude rate parameter is perhaps the most signifi-
cant parameter for monitoring, becsuse this param-
eter can result in trajectory that violates safety
criteria. It has been shoun, however, that it will
require greater then the extremes of 30 performance
of the ghort and primary guidance solutions to lead
to an wsafe trajectory prior to atiainment of the
Hi-gate position. Because the MSFN will be very
effective in spacecraft altitude rate measuremenf,
it also will be very effective in providing en in-
dependent "vote" in the event that onboard differ-
encing indicates the possibility of & guidance
failure. ~ R

Surmery-of breking phase.- The breking phase, last-
ing about 450 seconds, occurs over sbout 243 nauti-
cal miles, during which the velccity is reduced
from 5500 ft/sec to epproximately 600 ft/sec, and
the altitude from 50 000 feet to about 9000 feet.

The attitude during the phase is normally such that

the thrust vector is close to being alined with the
flight peth angle., In this attitude, the pilot is
not able %o look in the direction of the intended
landing area. In the first portion of this phase,
the LM could assume any desired rcoll attitude shout
the thrust axis. Mission planning will determine

if the initial attitude will allow the crew to look
down on the lunar surface to check the progress over
the terrain. As the IM approaches the position at
which landing rader will become’ operative, the roll
attitude will be such that the windows will be
oriented away from the surface in order to provide

a more favorable sttitude for landing radar opera-
tion and to prepare for the pitchup maneuver, at
the Hi-gate position, thet will allow a view forwerd
to the lending area.

Final Approach Phace

Objectives and constrainkts.- The final approach
phase 18 perhaps, from the standpoint of the strat-
egy, the most important phase. It is primerily in

1

this phasa that the trajectory is shaped at a cost
of fuel, in order to provide the crew with visibil-
ity of the landing area. In this phase the crew 1s
first confronted with scme of the unknowns of the
luner epvironment, such as the possibility of re-
duced visibildity. The first objective i to provide
the crew with out-the-window wisibdility, and to pro-
vide adequate time for assessment of the landing
area. The second objective im to provide the crew
with en opportunity to asgess the flight safety of
the trajectory before commitment to the continua-
tion of the landing. The third is to provide a rel-
atively stable viewing platform in order to best
accomplish the firat and second objectives. In
other words, meneuvering should be kept to a mini-
mun, The primary constraints on the strategy in
this phase are again the desire to keep fuel expend-
iture to a minimum and the limitation of the IM win-
dow. In the event that the ascent engine must be
used for abort during this approach to the surface
the difference in thrust-to-weight between the de-
scent and escent engines zlso must be considered as
a constraint. The ascent engines thrust-to-weight
initially is only about one-half of that of the de-
geent engine in thie phase. The altitude loss, as e
function of nominel trajectory altitude &nd veloecity,
during vertical veloeity nulling must be included Iin
the consideration for a safe staged abort. Other
constraints that must be considered are the problems
of the lunar terrain illumination and its inherent
contrast properties which mey make 1t difficult for
the pilot to see and assess the terrain features.
The primary variables that may be interchanged
during this approach phase include the pitéh atti-
tude, the altitude at which Hi-gate or transition
altitude is chosen, the flight-path.angle of the
trajectory, and the variation of look angle to the
landing area {referenced-to the spececraft thrust
exis}., This esgein takes into consideration the
limitation of the IM window.

Determinstion of Hi-gate.- Perhaps the firat param-
eter that must be chosen, in order to design the fi-
nal approach phese, is the Hi-gate altitude. The
first factor 1s the range from which the landing
area can be adeguabtely assessed. If this were the
only factor to be considered, it would of c¢ourse be
unwise to waste fuel to provide this ability, if the
viewing range to the terget landing area was so
great that the deteil of the ares could not be ob-
gerved. The second factor iz the time that the corew
will regulre to adequately assess the landing ares.
A third consideration 1s that of flight safety re-
quirements with regard to the uncertainties of the
terrain altitude considering-the operating relimbil-
ity of the landing radar and its capaclty to update
the guidance system (the inertisl system), and also
coensidering the ghort bounderies associated with the
ascent engine (figure 21). Preliminary estimates
were made of all these factors end considering a
desire to be able to get to Hi-gate, even if the
landing radar is not updating the guidance system,
the third requirement predominates, and flight
safety dictates the choice of Hi-gate sltitude. If
further enelysis of the landing radar operebtions
indicates a highly relisble system, then the flight
safety requirements will be satisfied and the Hi-
gate altitude would be selected on the basis of the
Piret two considerations.




The flight.safety of the final approach trafectary
will be lergely governed by the magnitude of the un=
certalnties in altitude sbove the terrain. The '
present expected uncertainties are listed in fig-
ure 22. These uncertaintles include that of the
guidance and navigation system, which, considering
that onboard luner orbit navigation is accomplished,
there will be en approximate 1500 feet of altitude
uncertainty on & 1o basis. If lunar navigetion is
conducted by the MSFN, the uncertalaty will be ap-
proximately 500 feet less. At the present time,
and largely &8s a result of some of the data from the
Ranger spececreft missions, there 13 & large un-
certainty in the lunar radius msgnitude, both the
blas and the random uncertainties. Both of these
guantities are established as 1 kilometer or ap~
proximately 3200 feet, 1o basis at this time. Iunar
Surface Technology personnel have indicated that
their present capebility in determining the slopes
.in the ereas of the maris is limited to aan uncger-
tainty of approximately 13° on a 30 basis, This is
equivalent to a T00~foot, l¢ uncertainty, conside
ering the rangee of uncertainty of the lending posi-
tion. 1In additicn, present mission plenning sliows
for a terrain rrofile along the approach path lim-
ited to e general slope of 21° with local varlations
not to exceed the deviations presented in figure 20.
This results in altitude bisses of 700 to 800 feet
{30) over the ranges of uncertainty of the landing
position.

The minimum Hi-gate altitude can be determined by
combining the altitude 30 uncertaintles and biases
previously discussed. The manner in which thege
faetors are combined, however, depends upon the nev-
igational updeting in orbit (with CSM opties or
MSFN) and during the powered descent (with landing
radar). Results for the various combinations are
given in teble II. The first case is based upon
MSFN orbit navigation and no landing radar updating,
gnd represents the largest Hi-gate altitude,

32 600 feet. This extreme and impractical Hi-gate
altitude results from the fact that no terrain up-
dating ocecurs enytime during the missiony therefore
81l of the uncertainties and biases are meximal.

The second case differs from the first only in that
two sightings from orbit to a lendmark, in the prox-
imity of the lending site, are provided in order %o
update the position (radius) of the landing site.
In this case it is assumed that orbital navigation
of the CSM state is accomplished by MSFN, and that
landing rader updating during the powered descent
is unavailable. The minimum Hi-gate for this case
is 6700 feet, & substantial reduction from the
value given in case 1. This is because the landing
site update eliminates the lunar radius biss and
significantly reduces the random uncertainties in
radius.

A moderate increase (over case 2 value) in Hi-gate
altitude is shown in the third case because of the
moderate increase in Primary Guidance, Navigation,
and Control System uncertainties from onboard nav-
igation {which includes the landing site update) as
opposed to MSFN navigetion, The minimum Hi-gate
for this case is T500 feet.

In the preceding analysis it has been essumed that
the crew would immedistely discern a collision

situstion end take appropriate action. Allowing &
finite time, about 10 seconds, for situatlion aasess=-
ment, an operational Hi-gate altitude of approxi-
mately 9000 feet fulfills ecrew sefety criteria with-
out landing redar.

Parameter interchanges.~ Considering that the Hi-
gate altitude requirement hes been set at approxi-
metely 9000 feet, the major interchanges ,that still
need to be established include the flight path
angle, the accepteble look angle to the landing
gree, and the time reguired to essess the lending
area. Haech interchange may affect the etate vector
that is specified st Hi-gate, and this change must
be teken into account in the total landing descent
profile planning. Figure 23 shows the penalty of
fuel as a function of Hi-gete altitude. The selec-
tion of sbout G000 feet as the Hi~gate altitude ex-
pends shout 250 ft/sec of A4V. Becsuse the IM pilot
can only see down 65° from his straight ahead view-
ing position, it is desirable for the leok angle to
be greater than 25° above "the thrust axis. Consid-
ering the varistions in ettitude, that may come
sbout through the guidance system, caused by flying
over varisble terrain, a desired look angle of 35°
hes been chosen providing a margin of 10° over the

Jlower 1limit of the window.

The flight path sngle is also important. The angle
must not be teo shellow in order to get the proper
perspective of the landing area as i1t is appreached,
end, conversely, it must not be too steep, purely -
from the standpoint of the pilot teing better able
to judge the safety of the approach path. In fig-
ure 24 is illustrated the AV penalty for varia-
tions in flight-path angle for various look angles.
As mey be seen in the figure, the major A4V penalty
is incurred by incressing the_ look angle. Small
penzlty 1s incurred for varying the flight path
angle from 10° up to 20° for a given lock angle.

The sum of the interchange is that the Hi-gate alti-
tude will be approximately 9000 feet, the look angle
to the target approximately 10° sbove the lower
limit of the window, and the flight path angle will
be in the order of 13° to 15° throughout the major
portion of the final approzch phase,

The shaping accomplished in the final approach phase
requires epproximately 270 ft/sec of eguivalent
fuel. 1In order to see whet this has provided, a
comperison of the selected trajectory with that of
the fuel optlmum showing the varistions of hori-
zonbal and verticel velocity as a function of time
to go is given in figure 25. The 'time to go from
9000 feet altitude down to the Lo-gate position has
been increased by approximately 45 seconds (see Pig-
ure 24). In eddition, the vertical velocity has
been cut by approximately a third for equivalent
altitudes; however, the primary difference appears
in the comparison of horizontel wvelocity at equiv-
alent zliitudes, noting that at 5000 feei the fuel
optimm trajectory has a velocity of about

1000 ft/sec, whereas the selected trajectory has &
horizontel velocity of about 450 ft/sec.

Redesipgnation footprint.- Though an adequate per-
spective of the lending ares and adequate viewing
time are provided by the selection of the flight
path angle, the line-of-sight angle, and the Hi-gate
altitude, it is still pertinent to determine how



uch of the area the pllot peeds to survey. This |
[is a function of how much fwel the pilot will have |
in order to change his landing site 1f he decides
that the point toward which the guldance ayatem is -
taking him i3 unaccepteble. Assuming that it will °
take the pilot a few seconds to get oriented to the
view in fromt, it sppears that the maximum altitude
from which he could consider a redesignetion would
probebly be less than 8000 feet. The available
footprint as a function of fuel required for this
purpoge is shown in figure 26. The perspective is
‘thet of looking directly from overhead the space-
eraft perpendicunlar to the surface where the apace-~
eratt position 1s at the apex of the lines. The
‘noninal landing point, or that point to which the
spacecraft i1s being guided by the automeile pystem,
is the zerowzero range position. The s0lid contour
lines are the ranges that could be reached provided -
the indicated amount of fuel could be expended. For
a AV expenditwre of approximately 100 ft/sec, an
additional 8000 feet downrange could be obtained, :
and approximately 10 000 feet in elther direction -
crogsrange. The horizontel line at the bottom of
the Figure indicetes the lower window limit, and the

second line indilcates the position 5° above the low-,
The other lines indicate the side *

er window limit,
window view limitations experienced by the pilot or
command pilot. The copilot would have a similar
limitation of side vision toward the direectlon of
the pilot; therefore, only the region bounded by the
inboard zide window limits would be common to the
field of view of both crew menbers,

The variation of footprint capability as the alti-
tude is decreased during the descent is indleated in
figure 27. Contours of footprint capability are
shown for an expenditure of 100 f£t/sec of fuel at
altituiles of 8000 feet, 5000 feet, and 3000 feet.
The footprint capsbility shrinks the closer the ap-
preach is made to the landing area, However, a
glven budgeted amount of fuel provideg an area that
subtends very closely the same angular view from the
pilot's viewing position. The present strategy is
baged upon having & high probability thet the in-
tended landing ares will be generally suitable., For
+this reason there will be a low probablility of re-
quiring large redesignations of the landing posi-
tion.

Tt has been assumed that a maximm capability of
deslgnating 3000 feet downrenge will be required and
this provision of fuel is allobted for redesignation
et 5000 feet of altitude, Approximately LS ft/sec
of fuel is reguired for this redesignation capabil-
ity. The foolprint availeble for this fuel ellot-
ment 1s shown in figure 28,

The IM pilot does nobt have the opporbunity to see
the footprint as viewed here, but sees it from the
perspective provided by the approach flight path
angle, The pilot view from the Hi-gate altitude is
indicated in figure 29. During this phase, the
spacecraft is pitched back spproximately 40°, thus
the horizon is very neer the -40° elevation depres-
sion angle., The landing site is at spproximetely

55° depression, or aboub 10° above the lower limit . -

of the window. For reference purposes a 3000-footb
clirele has been drawn about the landing position and
the landing footprint associated with a AV of '
100 ft/sec is shown.

Landing point deaignator.~ The pilet will know wherse
to look to find the intended landing erea, or the
area toward which the gujdence system is taking him,
by information coming from the guidance aystem dis-|
pley and keyboard (DSKY). This information will be'
in the form of e digital readout that allows him to
locate the corvect grid number on the window, com-
monly celled the landing point designator (LPD).
After proper alinement of the grid, the pillot merely
has to look beyond the number corresponding to the
DSKY resdout to find the point on the lunar surface

. towerd vwhich the autcmatic system is guiding the

spacecraft. The proposed grid configuration for the
IPD 18 shown in Figure 30.

The process of landing point designation and redes-
ignetion is illustrated in figure 31. The guidance
gystenm always "believes" that it is following the
correct path to the landing site. It has the capa-
bility st any time to determine the proper look
angle or line~of-sight to the intended landing slte,
Because of orbital navigation errors and also drifts

‘of the inertial system during the powered degeent,

the actual position of the spacecraft will not be

the correct position. Thus, if the pllot locks

along the calculated line~of-gight he would see an
ares different from that of the desived landing area,’
Should the desired lamding area appear in ancther
portion of the window, the pilob, by teking a meas-
urement of the angle formed by the line-of-zight
readout from the guidancs aystem and the new line-
of-gight (to the desired polnt), cen enter the

change in line-of-sight into the guidance computer.

Next the guidance system will recompute the location
of the desired landing area. The guldance system,
in effect, begins & perilcd of relative navigetion,
where the new landing vpoint is calculated in the
present reference frame and is nob significantly
affected by whatever ilnertisl system or other pavi- -
gational errors that wmsy have occurred. The accu-
racy with which the landing point designetion or the
redesignation proceas can be made ls a function of
how accurstely the line-of-zight cen be imterpreted,
or correctly displayed to the pilot.

There are several fources of redesignation errors.
These include the varistions in terrain along the
approach to the landing site, the guidance disper-
sion effect upon altitude (provided the landing
radar updating is not complete), horesight instel-
lation, the inertial measuring unit reference mis-
alinement, and the errors of gpplication by the
spacecraft crew. The effect of altitude errors,
whether from the terrein, or from the guidance sys-
tem altitude uncerteinties, is shown in figure 32.
Tn this case, the guldance system assimes the land-
ing site is at the same elevation ag the terrain
over which the spacecraft is flying, and, therefore,
determines the line-of-sight through that pointk.
However, when the crew vlews this line-of-pight, the
point of intercept with the lunar surface is at an
entirely different point than the intended landing
pogition. TFor flight path angles of about I4°, this
ratio of downrsnge error to eltitude error is approx-
imately % to 1, Altitude errors do not affect the
lateral dispersions. It is obvious that althoush
the landing radar performs a very vital function In
reducing the altitude dispersions of the guldance
system, there is & Hcg}:gbilit:{ that the seme landing



redar function will update the inertial system with
& false indication of the landing position eltitude.

The errors other than the altitude type errors (the-
installation IMU and the pllot application errors)
all tend to be biases. Preliminary testing indi-
cates that these errors could be of the order of
0.5%, Again, for typical flight peth angles of '
about 1%°, this 0.5° of appiicstion boresight error
will lead to downrenge redesignation errors on the
order of 800 feet for redesipnetions occurring in
the altitude range of 5000 to 8000 feet. These
dovnrange errors will reduce to the order of

100 feet when the redesigmations are made at alti-
tudés of 1000 feet or less. Thus, there is an
interchange with regard to the probable magnitude
of the errors that vary with altitude, particularly
if the approach terrasin is likely to have large
veriations of altitudes.

The process of redesignetion will be a task cocpera-
tive between the 'pilot and the copilot.  The copilot
will reed the DSKY end call out the numbers corre-
sponding to the LFD., The pilot will then orient his
line-of-gight so thet he can look beyond the proper
number op the LED and sse vhere the guidance gystem
ig teking him. If he is not setisfied with this
position, then he can instruct chenges in the guid-~
ance system by incrementing hie attitude hand con-
troller. During this portion of the approach, the
guidance system is flying the spacecraft -auntomati-
eally so that the pilot's attitude hand conbroller
is not effeetive. With each increment that the pi-
lot makes in moving the hand controller in a pitch-
ing motion, there is a signal sent to the guidance
system o change the landing point by the equivalent
of 0,5° of elevation viewing sngle. Iatersl changes
in the lending position can be made by incrementing
the hend comtroller to the side in = motion that
woudd normally ereate roliing motion of the space-
eraft. Bach incerement of a hand controller in this
direction causes & 29 line-of-sight phange laterally
to the landing area. When the guidance system re-
ceives these discrete insiruetions- it recaleulates
the position of the desired landing area and com-
mends the pitch or roll attitude in combination with
a throttle commend regquired to reach the deslred
position. 'This resulds in g transient responge from
the spacecraft until the new attitude and throttle
setbing commends are implemented.' After the trans-
ient has settled, the copilot would normally read
the DSKY zgain and inform the pilot what new number
to lock for %o find the desired landing area. The
pilot would then orient himself %o lock at this num-
ber snd check 0 see if his instructions to the
guidance system hed been fully correct. If not,
some refinement in lending site selection would then
be made.

The response of the spacecraft to redesignations of
" landing position is important. For example, if the
new site selected is further downrange, the space-
craft will pitch closer to the vertical and reduc-
tion in throttle will be made so that the new
position will be'more closely centered in the pi-
lot's window. If, however, the site chosen is short
of the original landing site, the spacecraft would
have to pitch back and increase throttle in order to
slow down and: obtain the new desired position.

These attitude motions affeet the line-of-sight and

become important because of the danger of Josing
sight of the target. Bome typical responses to
changes in the landing point are shoun in figure 33.
The variation of the line~of-sight to the landing
site (look angle) with time from Hi-gate is shown
for the nominel caBe, a redesignation downrange, and
g redesignation uprange. The redesignations ocewr
et an altitude of 5000 feet., For the nominal land-
ing site, the line-of-sight lock angle is maintained
between 35° and 30° throughout the phese. For the
3000-foot long redesignetion the look angle is ln-
creased over the nominal case, varying|between k5°
and 35° (after the resulting transient response ls
completed). For the 3000-foot short redesignation
the pitchback motion of the spacecraft ceuses the
line-of-sight angle to the very target sres 1o be
initially decreased to approximately 20°, increasing
to sbout 28° for a short time interval. Thus, for
this case, visibility of the landing area would be
lost for a portion of time since the lower window
1imit is 25°. For this reason, the normal procedure
would be not to redesignate short by more than the
equivalent of shout 2000 feet at this altibude. AL
lower altitudes, shorter range redesignations
should be iimited to proportionsily less magnitude.
For crossrange redesignations, the effect on the
look angle is slight for redesignations up to '
3000 feet: however, the spacecraft will require a .
new bank sttitude (vwhich is nominally zero for ine-
plane redesignetions}. Thus, this figure does not
pregent the total attitude response transients for
the effeet of site redesignations.

An important aspect of the redesignation process is
the problem of accounting for the propellant expend-
iture. There is no accurabte procedure to account
for this fuel other than to inferrogate the guldance
gystem for the amount of fuel remaining. The guid-
ance computer load is gulte heavy at this time;
therafare, it iz probeble that 2 rule of thumb ap-
proach mey be utilized, which, in effect, Informs
the pilot that so many units of elevation and azi-
muth redesignation capsbility can be utilized. Suf-
ficient conservatism can be placed on this number to
insure that the pilot does not waste fuel to the
extent that the landing could not be completed.
This would also allow the pilot a rough assessment
of whether or not the new landing ares would be

- within the fuel budget.

Delta V budget.- The fuel expenditure during the
nominal finel spproach phase will be an equivelent
to 889 ft/sec characteristic velocity, To this num-
ber is added, for budget purposes, a bias allowance
of 45 ft/zec for the landing point redesignation
capebility, and a 30 random allowance of 15 Pi/sec
for refinements in the lending site designetion.

Summary of finel approach phase.- The final spproach
phese covers about 5-1/2 nauvtical miles during which
+he albitude is decreased from 9000 feet to 500 feet,
and the velocity from 600 ft/sec to 50 ft/sec, Nor-
mally the time required will be about 105 seconds
dwring which time the pilot will have & continuous
view of the landing area. It 1s during this time
+hat aggessments of the landing area will be mede,
and required redesignations of the landing position
+to more favorsble landing terrain will be accom-

-plished.



The Landing Phase

Cbjectives and constraints.- The basic purpose of
the landing phase is to provide a portion of fiight
at’low velocities and at pitch abtitudes close to
the verticsl sc that the pilot can provide vernier
control of the touchdown maneuver, and also to have
the opporiunity for detaliled assesasment of the area
prior to the touchdown. In order to secomplisk -
this, the trajectory i1s further shaped after the
finel approach phase. The guidance system is tar= -
geted 8o that the design constraints of the Lo-gate
position are met, but the metual target point will
he at or near the position where the verticel de-
scent beging. The final approach phase and the
landing phase are then combined with regard to the
manper in which the guidance system is targeted.
The targeting design would satisfy the constraints
of both the terminel portion of the final approach
phase and the landing phase by proper selection of
the tergeting parameters. There will be a smooth
trensition from.the extreme pitchback atbtitude
assoclated with the final approach phase and the
near vertical attitude of the landing phese.

In the final spvroach phase, the trajectory was
shaped in order to pltch the attitude more toward
the vertical, so that approach conditions would.-
allow the pilot to view the landing site.- The re-
sulting piich sbtitude, approximately 40° back from
the vertical, is however, gtlll quite extreme for '
approeching the luner surface at loy altitudes;
henee, it 1s necessary to provide additionsl shaping '
in order to effect & more nearly vertical ettitude
at the fermination of the total descent. The first
cbjective is to allow the crew o make the detailed
assessment, and & final selection, of the exact
larding point. In order to accomplish this, there
will be some flexibility in the propellant budget to
allow something other than a rigld following of the
design trajectory. This leads to the second cbjec-
tive, in which it is desired to allow some maneuver-
ing capability and sdjustment of the landing peoint.
The constraints are familiar ones, including fuel
utilization, physical limitations of the window, and
in turn, the lighting and associated visibility of
the surface, the vielbllity associated with the
lighting, the actual terrein, and the possibility .
of blowing dust meneuvering with the desired atti-
tude limits in order to rebain the advantages of a
falrly stable platform, and last, what is termed
the staged sbort limiting boundary. This boundary
defines the circumstances under which an abort ma-
neuver cannot be performed without the ascent stage
hitting the.surface. This curve is based upon a
combinetion of vertical velocities, altitudes, and
the pilot-sbort-staging system reaction time.

Nominal trajectory.- The variables that are avail-
able to try to satisfy all of these constraints end
cbjectives include variations in the approach flight
path and the involved velocities, the spacecraft
attitude, and the actual touchdown control proce-
dures. The desired landing phase profile, which has
resulted from almost 2-1/2 years of similating the
maneuver, is illustreted in figure 34. The Lo-gete
point is at an altitude of approximately 500 feet,
at a position about 1200 feet back from the intended
landing spot. The landing phase flight path iz a
conbinuation of the final approach phage flight path)

.

3o that there is ne discontinuily at the Lo-gate.
yosition, At the start of this phase, the borizon-
tal velocity is approximately 50 ft/sec and the ver-
tical veloclty is 15 ft/sec. The pitch attitude 1o
nominally 10° to 11° throughout this phase, but
rigld adherence to this pitech attitude ik not a re-
quiremsnt. The effect of the pitch attitude iz to
gradvally reduce the veloclitlies as the flight path
is followed in order to reach the desirsd position
at an altitude of 100 feet from which a vertical
degecent can be made. Modification of this trejec-
tory can be accomplished simply by fodifying the
profile of pitch attitude in order to effect a land-
ing at slightly different points then thet associ-
ated with the nominml descent path. ¥o actual hover
position is shown in the approach profile because
the vertical veloclty or descent rate nominelly does
not come to zero. The approach is a continucus
maneuver in which forward and latersl velocities
would be zeroed at approximately the 100-foot alti-
tude position. and the descent veloclty ellowed to
continue at epproximately 5 ft/sec. This ellows a
very expeditious type of landing. However, if a
hover conmdition is desired near the 100-foot alti-
tude merk, it is a very simple matter for the pilet
to effect such a hover meneuver. The only disadvan-
tage of the hover maneuver is the expenditure of
fuel, The total maneuver from the Lo-gate position
will normally take approximetely 80 seconds. If
flowh according to the profile, the descent propel-
lent utilized will be eguivalent to sbout 390 ft/sec
of characteristic velocity. During the landing ap-
proach, the pilot has good visibility of the landing
position until Just before the final vertical de-
scent phese. A nomipal seguence of pilot views of
a 100=foot rediuzs cireular aree mround the landing
point is shown In figure 34. However, even during
the vertical descent, the area Immediately in front
of and to the side of the exmet landing position .
will be vigible. The IM front landing ped is vis-
ible to the pilot. In addition to being able to
obaserve the intended landing site, the pilet.has
ample view of much of the lunar surface around him
so that if the origlnal site is-not sultable he can
deviate to the other landing position, provided that
the new landing position is obtainable with the fuel
aveilable. The basic system design will allow the
entire meneuver to be condueted automatically. How-
ever, the IM handling qualities-make it e satisfac-~

- tory vehicle for the pilot to control manually. The

setisfactory nature of the LM menual control hand-
ling qualitlies has been demcnstrated by fixed bese
simplation and by flight simulation at the Flight
Research Center’using the Lunar Landing Research
Vehicle and the Langley Research Center using the
Luner Landing Research Facility. Simulations have
shown that there should be ne problems imvolved if
the pilot decides to take over from manual control
at any time during the terminel portion of the final
approach phase or the landing phase, Much cancern
hes been generated regarding the problem of visibil-
ity during the landing approach. In the event that
the pilot has some misgivings about the aree on
which he desires to land, the lending phase can be
flexible enough to accommodate & dog-leg type ma=-
neuver that will give the pilot improved viewing
perspective of the intended lending position. Man-
ual contrel of this meneuver should present no
Problem and could be axecuted at the option of the
pllot. At the present time, trajlectory is not



'f:lannad for en approach in order to meintajn sim-
Pliclty of trajectory design, because of the
expected ease in which the maneuver could be accome
Plished manually should the need occur. Should,
however, the dog-leg be identified as s requirement
for an automatic approach, it will be incorporated.

A profile of the eltitude snd altitude rate of the
landing phese is shown in figure 35, The altitude
rate is gradually decreased to a value of about

.5 ft/sec at the 100-foot eltitude position for ver-
tical descent, The descent rate of 5 Tt/sec is
nmainteined at this point in order to expedite the
landing. At an eltitude of approximately 50 feet,
the descent rate would be decreased to the design
touchdown veleeity of 3-1/2 ft/sec. It is not
necessary that this be done at exsetly 50 feet so
that uncertainties in the altitude of the order of

5 to 10 feet would not significantly affect the
approach design. The value of 3-1/2 £t/sec descent
rate is then maintained all the way until contact
with the surface is effected and procedures initi-
eted for cutoff 'of the descent engine. The curve
labeled staged-abort boundary shown in figure 35 is
eppliceble to the situation in which the descent en-
glne has to be cut off and the vehicle staged to
abort on the ascent engine. It is obvious thet this
boundary must be viclated prior to effecting a nor-
mal landing on the surface. However, with the cur-
rent design, this boundary is avoided until the
pilot is ready to commit himself to a landing so
that it is only in the region of below 100 feet that
he is in violation of the boundary.

Delte V budget.- A summary of the landing phase fuel
budget is given in table III. The budget reflects
allowances for several possible contingencies., For
example, the pilot may wish to proceed to the land-
ing site and spend some time inspecting it before he
finally descends to the surface. This would require
. that the spacecraft heaitate during the approsach,
and the penalty involved is the amount of fuel ex-
pended. A pericd of 15 seconds of hover time will
cost about.80 ft/sec of fuel equivalent. There is
also the possibility that the performance of the
landing rader may be doubtful, in which case the
spacecraft crew might want to hover in order to vis-
ually observe and null out the velocities. Tt hes
been found by meens of flight tests in a helicopter,
that velocities can be nulled in this manner within
1 ft/sec after less than 15 seconds of hover time
(another B0 ft/sec of fuel expenditure}. Tt would
be possible to update the-inertisl system in this
manner and allow the spacecraft to proceed and land
“on the surface with degreded landing radar perform-
gnce during the final portion of the desaent., If
there are errors in the radar vertical veloeity,
there will be a direct effect upon the time.reguired
%0 complete descent and & random +65 ft/sec of equiv-
alent fuel has been allotted in the fuel budget.
Another descent engine fuel contingency that must be
accounted for is the possible waristion in the pi-~
lot's control technique including the deviations
from the plamned flight profile the pilot might eme
ploy. Simuatlion experience has indicated a need
for an average addition of 80 ft/sec of fuel and a
random +100 ft/sec. It is noteworthy that only
30 seconds of hover time has-been budgeted a.nd that
for specifically designated purposes.

Fuel Budget Stmmary

A summary of the tobtal LM descent fuel budget is
given if table IV. The budget is divided into that
required by the baseline trajectory requirement
totaling 6624 ft/sec, and items, described as con-
tingencies, toteling 398 ft/sec mean requirement
with ap additional #183 ft/sec random requirement.
This leads to & total of T205. The inclusion of tha
R38 randem contingencies as a fuel requirement is
conBldered a conservative approach in that sach of
the rondom contingencies could lead to a fuel gav-
ings a3 well es & fuel expenditure. The tankage
capacity of about 7300 ft/sec of fuel provides an
additiconal mergin of fuel for as yet unassigned
contingencies.

The fuel budget summary is presented in figure 36 as
& "How-Goes-It" plot of the expenditure of fuel both
in equivelent characteristie velocity and pounds as
a function of time and events during the descent.
The solid line gives the baseline trajectory and re-
sults in & fuel remaining of 778 ft/sec et touchdowm.
Adding the utilization of all the budgeted contin-
geney mean values of fuel is represented by the
deshed 1ine. When these contingencies are used, the
time basis of the plot will be inecorrect, perticu-~
lerly for the time between lo=-gate and landing. The
total time could extend to es much as 12.5 minutes
{735 seconds) in the event that all of the contine
gency fuel was used for hovering over the landing
site,

LUNAR LANDING TOUCHDOWN CONTROL, AUTOMATIC AND MANUAL

Perhaps the most important single operation in the
Junar landing mission is the actual touchdowm me-
neuver, It is during this wmaneuver thet the uncer-
tainties of the Jupar surface become a reel problem.
A recommended procedure for controllins the approach
has been developed. This procedure, developed part-
1y through simulation, involves reaching a position
at about 100 feet above the landing site and de-
scending vertically to the lunar surface, &8s pre-
viously described. During the verticel descent, the
lateral velocities are nulled and the vertical ve-
locity controlled to a prescribed value until the
descent engine is cut off just pricr to touchdown.
The procedures for effecting descent-engine shutdown
will be discussed in detail.

Control Modes

There are two conbtrol modes by which the lending
operation can be performed. The first is completely
automatie. Although the pileot may have used the
lending point designator to select the touchdown
point, in this mode he 18 not setive in the setugl '
control loop. The gecond mode is manusl, but is
aided by automatic control leops. In the second
mode the pilot takes over direct control but also
has stabilization loops to provide favorable control
response. In addition, the manual mode normeily
will be used in conjunction with a rate-of-descent
command mode to further ald the pilot in control of
the touchdown velocities.


http:about.80

Within the manual landing mode, the pilot hes two
options: (1) to land visually, which would require
that there be no visual obecuration ss might come
from duat or lunsr lighting constraints, or (2) be-
cause of guch obscurgtions to control the landing
through reference to flight instruments. Becmuse of
the expected good handling qualities of the LM, the
manuel-visual mode should be very similar to flight
of a VIOL aircraft here on earth. No landing atti-
tude or veloeclty control problem is anticipated and
the control should be within 1 ft/sec lateral veloc-
ities, - - )

Mamual-instrudent mode of control loops have sources
of error that may degrade control and those that
have been considered include control system re-
sponse, landing rader velocity measurement, landing
radar altitude measurement, IMU accelerometer bias,
IMU misalinement, displey system for manus) only,
the pilot {for manuml only), and the center-of-
gravity position.

r

Descent Engine Cutoff Constraints and Legic

.

In considering the control of the landing, emphesis
hae been placed on the methed of timing for shutoff
of the descent engine. Because of poseible unsym-
metrieal nozzle failure due to shock ingestion end e
desire to limlt erosion of the lending swrface, an
operating constraint of having the descent engine
off et touchdown hes been accepted, FProbasble errors
in altitude information from elther the inertial
system or from the Lending radar preclude the use of
this information for the engine cutoff function,
even though the accuracy msy be of the order of

5 feel, because of the deleterious effect on touch-
down vertlcal velocities. The need for an .accurate,
discrete indication of the proper altitude to shuk-
off the descent engine led to the adoption of probes
extending beneath the landing pads,

A light in the cockpit indicates probe conbact with
the lunar surface, The light-on signel informs the
pllot that the proper altitude has been reached for
the engine cutoff. The probe length must be detep-
nined from a consideration of delsy times in pilot
response, descent engine shuboff velve closures, and
tall-off of the nominal descent velocliies,
quence of events is ghown In figure 37,

The varietlon of descent rate at touchdown as a func
tion of ‘descent rate at probe conbact is shown in
figure 38 and includes the effect of pilot reaction
time, The curves are representative of a probe

23 inches in length, coupled with a 0.25-second
total engine shutoff delsy time. This engine delay
time includes that time required for the electronic
signal %o be generated, the shutoff valves to cloge,
and the thrust tail-off to be essentially completed,
The heavy dashed line on the chart going up on'a

45° angle indicedes & combination of descent rate at
probe contact, plus system delay and pilot reaction
times, that would cause the-engine %o still be on at
touchdown. If the desired finsl rate of descent has
“been achieved, up to 1.0-second pilot delay time can
be tolerated and still have the descent englne off
-at touchdown. ’ :

As shown in figure 38, the actual touchdowm velocity
- 1s Just slightly more than the descent rate gt_prob_e_

The ge-__

. meesured within 1.5 £t/sec on & 3¢ basis.

" 0.75 £t/sec vertically,

* contact, or about 4 ft/sec. Faster resction til_ned’

would inerease the final touchdown veloelty, but not
beyond present lending gear impaect limit. If manual
control allowed a slightly higher final descent rate
than desired, and radar errors at the time of finsl
update also allowed a slightly higher descent rate,
these compounded increases might yield descent rates
on the order of 5 to 6 ft/sec. These increased rates
coupled with the 0.6~second reaction time would mean
the criterion of heving the descent engine off at
touchdown would not be met. One solution for this
situation would be to extend the probes to allow
pore range in pilot reaction time. However, the
advanteges of longer probes must be traded off
ageingt s probable decrease in reliability and an
increased probability of touching down with greater
than sceeptable vertieal veloeity. A simulation
study of this meneuver with the pilet initieting

* shutoff of the descent angine esteblished pilot ra-

action times that aversge sbout 0.3 second
(fig. 39).

Simulation Results

T Pifgéuin-the-looﬁ and, sutomabic-control-simulation

studies have been conducted on the landing control
mafisuver, The pilot-in-the-loop studies were made
vaing a simleted IM cockpit including all the con-
trol actustors (attitude, throttle, amd descent en-
gine cutoff). The simulebion included the major
sources of system errorg, such as platform misaline-
rent, accelercmefer blas, instrument dlgplay resolu-
tion, center-of-gravity offsets, and landing radar
errors. The landing radsr errora are a prime factor

Jin the touchdown control process and the models as-

sumed for the analysis are shown in table V, . The
specification performance of the landing redar calls
for each of the three components of velocity 4o be

! Cuzxrent
predictlons are that this specification will be met .
in labteral and forward directions and bettered by
For a conservative analysia,
the predicted performance hes been degraded by &

- factor of twos

Tie simdation results of landing velocity using
namal controel with specification perfermence by the
landing radar are shown in Figure 40. The daghed
lines indicated the present design criteris for the
landing gesr. The 0,9, 0.99, and 0,999 probsbility
contours are shown and are well within the design
envelope, The effect of chenging the length of the

" lending probes ls to adjuat the vertical velocity

bias velocity spproximetely 1 ft/sec per foobt change
in probe length. -

The effact of the landing radar performsnce upon the
landing velocity envelope im shown in figure 1.

The 0.99 probebility contours are shown for the
cages of no radar errors, speclfication performance,
predicted performence, end degraded (predicted) per-
formance, The resulting contours show the almost
direct dependence of touchdown velocity exror upen
the landing radar velocity perfermance,

The comparative results between avtometic and manusl

. control of ‘the lending touchdown velocltles are

ghown in Pigure 42, The 0.99 conbours show thab
automatic control results in lower touchdown veloc-

" ities, bub the difference is much less pronounced



ifor the degraded radar performence as compered vwithi
the predicted radar performance. The figure doem |
not reflect the advantege thet manuel control pro=
vides in cloger gelaction of the sectuml teuchdown
position in the event that the terrain is not uni-
formly satisfactory. :

Additiconal analysis of these same results for the
control performance for attitude and attitude rates
indicated that control within the present criterias
of 6° and 2° per second can be expected on a
30 probability.

ABRORT AFTER TOUCHDOWN

Adthough analysis end simuletion testa indlcate a
high probability thet the landing touchdown maneuver
will be within the landing gear design ecriteris,
there 1s sblll an inberest in the ebility to sbort
should the landlng dynamics become unstable. The -
gbility to abert will be a function of when the need
for the ahort iz recognized, the time required to
initiste abort, the time invelved in separation of
the ascent stage, the thrust-buildup time of the
ascent stege, the attitude and the attitude rate at
separation, and the control power and control rate
Linitations of the ascent stege.

At staglng, the control power of the aacgn‘b stage is

aboub 35"/ sec2 for pitch and roll attitude meneun-
vers. Under emergency menuel centrol where the pl-
lot deflects his attitude hand controller hard-over,
there is no attitude rate limitation. WNormal manual.
contwel commends are limited to 20°/sec and aubo-
metic control limlted to 10°/sec in pitch and 5°/sec
in roll, These attltude rate limitations are im-
portant from the standpoint of determining how )
quickly the agcent sbege atiitude cen be returned to -
the vertical in the event of an impending tlpover.

An anslysis was made of the boundary of over-turn
conditions from which a successful staged abort ,
could be made, The results of this analysis are t
ghown in figure 43, Twd boundaries are ghown; one
Por emergency menual attitude control which requires
the pilot to put his hand conkroller hard-over and
the other for a rate Iimit consistent wlth autometic -
roll regponge (5°/sec). Both boundaries apply to

the conditions under which an abort acklon must be
recognized a8 being required. The boundaries allow

a totel of 1.4 seconds for the pilet to achbuste the
gbort control, the sbaging to tske place, and the
ascent thrust to build up to 00 percent of rated
thrust, '

In addition to the boundaries, there im alsc a line
indicating the neutral stability boundary or the
gets of conditions under which the spacecraft would
just reach the tipover balance point of ebout L40O°,
The curve labeled Landing Gear Design Bnvelope Maxi-~ |
m Energy applies to the -improbsble, if not Impos-
sible, cage where the landing was made at the corner
of the velocity criteria envelope 7 £/sec vertical
ard b fh/ gec horizontal, and all of the endrgy wae
converted to rotetional motion. It is, therefore,
highly improbable that conditions will be encoun-
tered that 1le to the right of this curve,

(2)

.

cated an sbort can be made at an attitude of about
60° if the rate is not greater than 10°/sec. This
condition would take more then b seconds to develop
after the initisl contact with the luner surface.
For the other extreme of ettitude rate limit
{5°/sec) applicsble only to the sutomatic roll atti-
tude control, the boundary is reduced about 10° in
attitude.

The pllot will have indication of sttitude from his
window view and from the attitude instrument display
(FDAI). Both of thess are congidered sdequate
gsources of attitude informetion in the event that
the spacecreft passes a 40° deviation from the ver-
tical and an ebort becomes necessery.

Considering the improbability of landing contect
that would result in an unstable post-landing atti-
tude and the probability that even in such &n event
the pilot could initiate a safe sbort, there does
not appesr to be a requirement for an automatlc
abort initiation.

SUMMARY

A lunar module descent strategy has been presented
which is designed %o take advantage of the lupar
module systems and the lunar medule crew in order
that the lunar module will continually be in an
advantegeous position to complete the lunar landing.
The three-phese trajectory is designed to meintain
fuel expenditure efficiency, except in those regiens
of the trajectory where such factors as pilot as-
gsessment of the landing area require a Judicious
compromise of fuel efficiency.

The lunar landing strategy has considered all iden-
tified problems which might sdversely affect the
lunar landing and the resulting design calls for a
fuel expenditure budget of sbout T200 ft/sec of
characteristic veloeity. This budget is compatible
with the tank capacity of the Junar module. .
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TABLE I
LM LANDING RADAR (3¢)

SPECIFICATION ACCURACY
ACCURACY
ALTITUDE, FT RANGE TO v
\Y Vou,
SURFACE XA L YAT T ZA
5.200 . |1.5% + 5FT |1.5% OR 1.5 FPS| 2.0% OR 1.5 FPS
200 - 2000 1.5% + 5 FT | 1.5% OR 1.5 FPS| 3.5% OR 3.5 FPS
2000 - 25000|1.5% + 5FT |1.5% OR 1.5 FPS| 2.0% OR 2.0 FPS
25 000 - 40 000 2% N/A N /A




TABLE II
DETERMINATION OF MINIMUM _
HI-GATE ALTITUDE WITHOUT LR UPDATING

3CALTITUDE
UNCERTAINTIES * FT t ALTITUDE BIASES, FT MINIMUM
ORBIT . . HI-GATE
|NAVIGATION PGNCS TERRAIN | LUNAR | LUNAR { TERRAIN| STAGED |[ALTITUDE,
PROFILE | RADIUS | RADIUS | PROFILE ABORT FT
MSFN 3700 4700 | 13700 | 9800 4300 3500 32600
MSFEN :
& LANDING 3700 700 1700 — 700 1800 6700
SITE UPDATE
"PGNCS & . X
LANDING 4500 1000 1700 | — 800 " 1800 7500
SITE UPDATE )

*30C UNCERTAINTIES ARE ROOT-SUM- SQUARED



TABLE I

LANDING PHASE FUEL BUDGET

BASELINE TRAJECTORY ALLOWANCE 390 FT/SEC

® CONTINGENCY ALLOWANCE, FT/SEC MEAN

¢ MANUAL CONTROL TECHNIQUE

VARIATIONS

o EFFECT OF LANDING RADAR

UNCERTAINTIES

o LANDING SITE INSPECTION -

e FUEL DEPLETION MARGIN

TOTAL

80

80
80
40

280

RANDOM (30)

100

65

119 (RSS)



TABLE IV

SUMMARY OF LM DESCENT FUEL BUDGET
BASELINE TRAJECTORY ALLOWANCES

PHASE : AV, FT/SEC
DESCENT TRANSFER 97
POWERED DESCENT: BRAKING 5205

‘ FINAL APPROACH _ 932

LANDING 390

SUBTOTAL 6624
CONTINGENCY ALLOWANCES

MEAN 3,
DESCENT TRANSFER - INCREASE CSM ALTITUDE
10 N Ml 13
BRAKING: INCREASE CSM ALTITUDE 10 N Ml 15
| THRUST DISPERSIONS OF + 2% 120
NAVIGATION ALT DISPERSIONS (3000 FT,3q]) 60
FINAL APPROACH - LANDING SITE UPDATE 90" 30
LANDING: MANUAL CONTROL VARIATIONS 80 100
EFFECT OF LR UNCERTAINTIES 80 65
LANDING SITE INSPECTION 80
FUEL DELETION MARGIN - 40
SUBTOTAL 398 183 (RSS)

TOTAL BUDGET 7205



TABLE V
ASSUMED LANDING RADAR ERROR MODEL

FOR LANDING CONTROL ANALYSIS

SPECIFICATION | PREDICTED | DEGRADED

VERTICAL | 1.5 FT/SEC  |.75 FT/SEC| 1.5 FT/SEC
LATERAL 1.5'ET/SEC . |1.5 FT/SEC | 3.0 FT/SEC
1.5 FT/SEC | 3.0 FT/SEC

FORW ARD

1.5 FT/SEC




IMPULSIVE AV

SEPARATION AND
TRANSFER
= 109 FT/SEC

AVC

IMPULSIVE POW ERED
TERMINATION
AV = 5622 FT/SEC

TOTAL AV, =573
TERMINAL Y = 0°

Figure 1. Theoretical LM Descent




25 000

50 000
’/_
\-100 000

(PERICYNTHION ALTITUDE, FT)

INITIAL
THRUST-TO-
WEIGHT
RATIO

0 1 | | J
56 58 60 62 64

| CHARACTERISTIC VELOCITY, FT/SEC

Figure 2. Variation of Powered-Descent Characteristic
Velocity with Thrust-to-Weight Ratio




(T/W o = .3, Hp = 50000 FT)

SEPARATION AND
HOHMANN TRANSFER
AV = 98 FT/SEC

POWERED DESCENT
Ve = 5925 FT/SEC

(INCLUDES 79 FT/SEC
FOR 100 FT VERTICAL
DESCENT)

COMPARISON
T/Wg | AV. | YT

TOTAL AV = 6023

50 000 FT >
TERMINAL Y = 9°

IMPULSIVE o 5731 0°
THEORETICAL| 0.3 6023 | 9°

Figure 3. Theoretical Optimum LM Descent




h = 47 000 FT

g = 85° _
— F e
B:ggoooo T ¢ = 120 SEC | .3 :
v = 5600 FT/SEC Y=1 vz
y=0° I '@g _______ W‘ Y=
‘ "’f;}/zzo N M TN
r%
h =14 ooo“ FT h =
g =70° g =
\ — 330 SEC t=
h = 23 000 FT v = 1700 FT/SEC v =
_{i‘—'-‘?s.zz_ vy TN “.-’*”-*Tfi"“"‘ ’- 1 . -:,J;;-..F/‘:-"‘-‘::

30 25 20 15 10 5

DOWN RANGE, N MI

Figure 4. Optimum Povéer,ed Descent



NAVIGATION PHASE igh":’gg gzigi CEP, - |ALTITUDE
CONTRIBUTION FT o, FT
o FT o, FT

LM SEPARATION AND 1070 o L 540
HOHMANN DESCENT

POWERED DESCENT 260 1410 1000 1490
RSS OF THE ABOVE TWO 1100 1410 | 1480 1580
LUNAR ORBIT MSFN 2320 700 1750 | 840
NAVIGATION ONBOARD| 2840 540 1990 1180
TOTAL . MSFN 2570 1570 2410 1790
ACCURACY ONBOARD| 3040 1510 2630 1970

Figure 5. LM Landing Accuracy After Three Orbits




NAVIGATION IN

NAVIGATION IN LUNAR LUNAR ORBIT

ORBIT BY LM —_

- 2500 BY.MSFN
| 1 1
.'|.5 000 2500 / 15 000

Figure 6. LM ILanding 30 Uncertainty Ellipse After Three Orbits



NOTE:

IN DESCENT THRUST CONFIG-
URATION MAIN ENGINE
.GIMBAL IS EMPLOYED FOR
TRIMMING THE PITCH AND
YAW MOMENT DUE TO

CENTER-OF-GRAVITY
SHIFTS

Figure 7. ' Attitude Control of LM
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POSITION NO. 2

BEAM

BEAM 1

ANTENNA TILT = 24° &

" Figure 8. Landing Radar Beam Configur

Tilt Angles

ation and Antenna
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Figure 9. LM Flight Configuration
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