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FOREWORD

A significant factor in the development of new technology is the timely
exchange of information to highlight areas of progress and to establish areas
in need of greater emphasis - in short, to provide both program management and
technical contributors an opportunity to review their work and plans in the
context of the requirements and constraints of the total program.

During the past two years, the Langley Research Center has made a con-
certed effort to support the NASA objectives for development of a low-cost
space transportation system - the space shuttle. The Langley effort covers a
broad base of technology including electronics and life support systems, but
its primary focus has been in the areas of Aerothermodynamics, Configurations,
and Flight Mechanics; Structures and Materials; and Dynamics and Aeroelasticity.

Thus it was in the context of the need for a technology status review and
our own active involvement in the aforementioned areas of technology that the
Langley Research Center was pleased to host the Shuttle Technology Conference
which culminated in this document. As the reader will recognize, the develop-
ment and presentation of this Information was largely achieved by very busy
people doing an additional job. Nevertheless, I believe the results of the
conference reflect a highly motivated and cooperative effort on the part of
industry and NASA centers to provide the best information available for techni-
cal review and assessment. This effort is deeply appreciated by those of us
involved in the implementation of the conference. Thus, to the authors, ses-
sion chairmen, and numerous individuals involved in the logistic support of
this conference, I offer my thanks both for your effort and for your coopera-
tion. A job well done!

George W. Brooks
General Chairman
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CURRENT SHUTTLE STATUS

By C. J. Donlan, Acting Director, Space Shuttle Program, OMSF
NASA Headquarters, Washington, D.C.

Space Shuttle Program obJectives are to provide future capabilities to support a wide range of

scientific, defense, and commercial uses at substantially lower costs than current space operations.
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SPACE SHUTTIE COST TRENDS
(Figure 1)

The dotted band in figure 1 defines the locus of costs for current transportation systems ranging
in size from the Scout to the Saturn V. For a particular payload capability, the points on the curve
show the transportation cost per pound for the lowest cost transportation system available for that
payload.

The line identified as Fixed Cost/Flight 1s that projected for the Space Shuttle. For the maximum
payload envisioned, spproximately 65 000 pounds (=29 500 kg), it is seen that a reduction in cost of a
factor of 10 is possible. Of equal importance is that the payload weight carried by the shuttle can
also be reduced by a factor of 10 and still allow the shuttle to place the lower size payload in corbit
cheaper than any other available system. It is this flexibility in operation that makes the shuttle an
attractive transportation system.

Study results also support the thesis that an equally important reduction in manufacturing cost-
per-pound of payload can be achieved by designing the payload to make use of features supplied by
the shuttle, such as a more benign enviromment at launch and the ability to maintain or retrieve the
payload in orbit. Lower transportation costs and lower cost of the payloads transported are both

essential to a continued effective space program.
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SPACE SHUTTLE COST TRENDS
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TECHNOLOGY CONTRIBUTIONS

(Figure 2)

For the past 12 to 18 months, the technology has been primarily plans oriented and directed toward
problem assessment. There has been much progress made relative to mobilization of personnel and
resources within NASA and in industry to address the technology problems of shuttle. These programs
are now well under way and are proceeding in an effective manner.

As of this time, in support of the Phase B effort, much progress has been made in the area of
assessing performance requirements, engine size, and vehicle configuration. Such information has
provided a basis for narrowing the range of the Phase B configuration studies and settling on more

precise performance specifications.



TECHNOLOGY CONTRIBUTIONS

® PROBLEM ASSESSMENT
o MOBILIZATION OF PEOPLE AND RESOURCES
e BROAD TECHNOLOGY PROGRAM PLANNED AND UNDERTAKEN

® DIRECT SUPPORT OF PHASE B IN SETTING
e PERFORMANCE REQUIREMENTS
e ENGINE SIZE
<+ VEHICLE CONFIGURATION

Figure 2



SPACE SHUTTLE CONFIGURATTION EVOLUTTON

(Figure 3)

This figure shows the steps in the evolution of the low cross-range orbiter and the high cross-
range orbiter and the associated boosters during the course of the Phase B studies. The straight-wing
designs of both the orbiter and the booster have been dropped from the program because of deficiencies
determined from aerothermal analyses and wind-tunnel studies. The high cross-range orbiter has evolved
into a delta-type configuration with a single vertical tail. Both boosters have evolved into a canard-

type configuration for similar reasons.



SPACE SHUTTLE CONFIGURATION EVOLUTION
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SPACE SHUTTLE PERFORMANCE SPECIFICATIONS
(Figure 4)

This figure is a summary of the current Level T requirements for the reusable shuttle.

The cargo bay is baselined as 15 feet (k.6 m) in diameter by 60 feet (18.3 m) in length. The
60-foot dimension is perhaps the firmest dimension inasmuch as it provides space for rockets such as
the Agena and Centaur stages.

It 1s anticipated that most missions will operate with the airbreathers in; however, as experience
with the shuttle is acquired, it is feasible to consider operation with the airbreathers out, in which
case, another 20 000 pounds (9075 kg) of payload can be carried in the east or south circular orbits.
The design of the structural landing load is based upon a return payload weight of 40 000 pounds
(18 150 kg).

The 1100 nautical mile cross range allows a return to the initial launch site in a single revolu-
tion in the event of an abort to orbit.

.The life support system and fuel requirements for the shuttle while in orbit are based on 7 days of
self-sustaining orbital flight. The systems will be qualified for 30 days in orbit, but the expendables

for orbital flight in the excess of 7 days will be charged against payloads.



SPACE SHUTTLE PERFORMANCE SPECIFICATIONS

® TWO-STAGE, FULLY REUSABLE SHUTTLE

® CARGO BAY - 15 ft DIAMETER X 60 ft LENGTH (4.6 m X 18.3 m)

PAYLOAD
MISSION AIRBREATHERS | AIRBREATHERS
oUT, Ibm (kg) IN, Ibm (kg)
100 n.mi. DUE EAST CIRCULAR ORBIT 65 000 (29 484) | =45 000 (20 412)
100 n.mi. SOUTH POLAR CIRCULAR ORBIT | 40000 (18 144) | ~20000 (9072)
270 n.mi. AT 550 INCLINATION ~45 000 (20 412) | 25000 (11 340)
DOWN PAYLOAD 40000 (18 144) | 25000 (11 340)

® 1100 n.mi. ORBITER NOMINAL CROSSRANGE

® 1ISSION DURATION - 7 DAYS SELF SUSTAINING FROM LIFT-OFF TO LANDING
- 30 DAYS EXPENDABLES CHARGED AGAINST PAYLOADS

® MAIN ENGINE BASELINED AT 550 000 Ibf (2 446 400 N) SEA LEVEL THRUST (BOOSTER

AND ORBITER)
® AIR BREATHING ENGINES USE JET FUEL
® ACCELERATION NOT TO EXCEED 3 g

Figure 4
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SPACE SHUTTLE CURRENT STATUS

(Figure 5)
Level T Program requirements have been summarized on the preceding figure.
The President's budget contains $100 million for the space shuttle with a positive recommendation
to proceed with the development of the engine for which the RFP* was released on March 1, 1971. We
are indicating an August 1971 release for the vehicle RFP should the current Phase B studies and

complementary Phase A activity provide the confidence to move out into Phase C.

The schedule assumes also that the necessary approvals to proceed in this manner will be obtained

in the same time period.

*RFP Request for proposal.
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SPACE SHUTTLE
CURRENT STATUS

® LEVEL | PROGRAM REQUIREMENTS REDEFINED

® PHASE B STUDIES NOW IN 8TH MONTH, WiLL BE COMPLETED IN
MAY (6 WEEK EXTENSION FOR MAIN ENGINE STUDIES)

® PRESIDENT'S FY 1972 BUDGET CONTAINS $100M FOR SPACE SHUTTLE
AN INCREASE OF $20M OVER FY 1971

®PROGRAM PLANNING:

® MAIN ENGINES - RFP - MARCH 1971
START PHASE C - AUGUST 1971

® VEHICLE - RFP - AUGUST 1971
START PHASE C - MARCH 1972

Figure 5
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SPACE SHUTTIE PLANNING SCHEDULE
(Figure 6)
Current planning anticipates first horizontal flight tests of an orbiter in mid-1976 with the
first manned orbital flight of the shuttle system planned in the second quarter of calendar year 1978.
Because shuttle development is planned to start in 12 to 16 months, the technology program must

be harnessed to provide definitive answers to the design and development teams in the next year

and a half.
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SPACE SHUTTLE PLANNING SCHEDULE

DEFINITION STUDIES

TECHNOLOGY

DESIGN & DEVELOPMENT

GROUND TEST

FLIGHT TEST

ORBITAL FLIGHTS

1970

1971

1972

1973

1974 11975 {1976

19771978 |1979{1980

FIRST HORIZONTIAL

FLIGHT 4

FIRST MANNED ¢ |
ORBITAL FLIGHT OPSENTTTIEEAL

Figure 6
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TECHNOLOGY CHALIENGE
(Figure 7)

The greatest technology challenge from the point of view of the Shuttle Program Office is to
generate the design data relative to advanced materials properties, aerodynamic heating, and flight
loads in enough depth to allow Phase C activities to proceed with confidence and to provide hard data
to support or challenge solutions relative to the thermal protection and advanced structural concepts
being proposed.

The technology teamsg and researchers need to assure that their programs are relevant and that the
results of the programs are made highly visible for assimilation into the shuttle design and

development process.
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TECHNOLOGY CHALLENGE

® GENERATE DESIGN DATA RELATIVE TO ADVANCED MATERIALS
PROPERTIES, AERODYNAMIC HEATING AND FLIGHT LOADS

© DEMONSTRATE APPLICATION OF THERMAL PROTECTION
AND ADVANCED STRUCTURAL CONCEPTS

Figure 7



INTRODUCTORY REMARKS
By A. 0. Tischler

Director of Shuttle Technologies Office, OART
NASA Headquarters, Washington, D.C.

This conference 1s on the technology work being done for the reusable space

launch vehicle commonly known as the shuttle. It covers three areas of work.
These are the related fields of aerodynamics and configuration refinement,
structures and materials, including thexrmal protection systems, and aeroelas-
ticity and dynamics. Since this audience of experts knows as well as I what is
involved in these activities, any remarks here will be confined to three points.

First let me thank Edgar Cortright and his staff at the Langley Reseaxrch
Center for hosting this three-day conference. This is the first of a series of
four such conferences to be held this spring. They will cover all technology
working group activities.

May I thank Dr. George Brooks and Eugene Love, Chalrman and Vice-Chairman,
for making all the necessary detail arrangements. I should also like to extend
my thanks to the working group chalrmen, who were responsible for lining up the
presentations for this conference. Their success will soon be Judged by you
all.

Second, I should like to review some history of this program. It will
interest those of you who were not here then that approximately two years ago
a conference was held in this same hall to consider both the shuttle and the
space station as new space projects. We have come a long way since that time.

Roughly 20 months ago Dr. George Mueller, then head of the Office of Manned
Space Flight, persuaded Bruce Iundin, then head of the Office of Advanced

Research and Technology, to conduct a technology program to prepare the base
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for developing a shuttle. Thus, he succeeded in getting OART to spend its money
to do what OMSF would otherwise be required to fund. Despite the obvious
disparity in annual incomes, this procedure, I felt, was a socially acceptable
form of pick-pocketing since I had for a long time felt that OART needed to
focus 1ts meager technology efforts on supporting real space mission proépects.
Although there must always be some part of every research establishment that
searches for breakthroughs into new arenas of endeavor, it was observable to me
that when spread to cover all technologies of interest, OART efforts were thin
enough to be virtually transparent. Better, I insisted, to put enough weight
behind one spearhead to punch through-the barrier. In addition, OART centers,
particularly the Langley Research Center, and Headguarters personnel had for
some time been examining technological problems pertinent to a flyable reentry
vehicle.

Bruce therefore accepted George's proposition to participate, Dutch treat,
but retaliated by assigning me to manage the job; thus, he cleverly designed
everyone'!s punishment to fit his own particular crime.

Thus we began this crusade to flesh out fancy with fact. And progress is
being made. That progress, I believe, is attributable to the drive and
dedication of the people who make up this program. For the first time, perhaps,
all NASA Centers are participating actively in one total effort. Some parochial
boundaries are beginning to disappear. We would like you to participate also
in generating, getting, and using the results of this total effort, and that is
the principal purpose of this conference.

Let me return to the present to make my third point. The papers presented
in this conference cover only part of the total effort encompassed by the tech-

nology program. They do, however, uncover many of the problems that stand in

18



the way of complete technological readiness for building the shuttle. But this
review will reveal more experimental results than previous reviews have, and
that trend will continue in future conferences. I want to encourage this audi-
ence to engage the presentors, personally, by telephone or by mail, to gain a
fuller understanding of these problems and results. If you agree, you can
support each other's conviction. If you disagree one of you, or perhaps both
of you, has the opportunity to enhance his engineering acumen., In this game,
there 1s no substitute for knowing what we are doing. ©Since there is so much

to learn and confirm, T say now let's get on with it.
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FLOW FIELDS AND AERODYNAMIC HEATING
OF SPACE SHUTTLE ORBITERS
By J. G. Marvin, W. K. Lockman, G. G. Mateer,

H. L. Seegmiller, C. C. Pappas, C. DeRose,
and G. E. Kaattari

NASA Ames Research Center
Moffett Field, California

INTRODUCTION

Ames Resgsearch Center has devoted considerable effort toward defining the flow fields and heating
environment that space shuttle orbiters will encounter. The purpose of this work is to provide a broad
base of data which can be relied on to evaluate prediction techniques with the ultimate objective of
providing a means for extrapolating ground-based facility data to flight conditions. A review of earlier
work was presented at the first technology symposium (see Ref. l). The highlights of our technology
effort during the past six months are given in this paper. Photographs of streamline oil-flow patterns,
pressure-distribution data, and heating data on the windward surface of low and high cross-range orbiters
are presented and comparisons with theory are shown. All the data were obtained in the Ames 3.5-foot

hypersonic wind tunnel.
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ORBITER CONFIGURATIONS
(Slide 1)
The configurations tested are shown on Slide 1. They are the Manned Space Flight Center (MSC)
straight-wing orbiter, and the North American Rockwell (NAR) straight-wing and delta-wing orbiters.
The scaled model size and length are shown for reference. The two delta-wing models were geometrically
similar, but the 129 model had a slightly larger wing area. These configurations represent typical
concepts for space shuttle vehicles, and the flow field and heating problems on these shapes are typical

of those on other proposed configurations.
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ORBITER CONFIGURATIONS
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WINDWARD SURFACE OIL-FLOW PHOTOGRAPH
(8lide 2)

Slide 2 is a photograph of an oil-flow pattern representing the surface streamline directions on the
lower surface of the NAR straight-wing orbiter at a = 60° and M_ = 7.4, Uniform patterns which show
significant cross flow are formed on the fuselage ahead and downstream of the wing location. The influence
of the wing on the fuselage pattern appears as an oil buildup and a rapid out-turning of the oil near the
beginning of the wing filet. This effect is related to the increase in surface fuselage pressure caused
by the presence of the wing. On the wing itself, a stagnation region appears with a reversed flow region
near the filet and a stagnation line emanating from this region is easily recognized. This photograph is

helpful in interpreting the pressure and heating distributions presented in the following slides.



114

WINDWARD SURFACE OIL-FLOW PHOTOGRAPH
NAR STRAIGHT-WING ORBITER

Mg = 7.4 G = 60° R€e, = 1.4 %108

Slide 2



9¢

CENTERLINE PRESSURES AND HEATTNG RATES
(slide 3)

Normalized pressures and heating rates are plotted versus the axial distance along the fuselage. The
pressures, normalized by free-stream stagnation pressure, decrease with distance from the stagnation region,
rise sharply in the wing region, and then decrease. No significant differences in pressure distribution
occurred with changes in Reynolds number. Over most of the fuselage the measured pressures are somewhat
higher than the Newtonian prediction. A notable difference in this trend occurs at the most rearward sta-
tion where the measured pressure may indicate the expansion of the flow around the model base.

Heating rates obtained with a thermocouple model are normalized by a theoretical scaled-sphere heat-
ing rate. Radiation equilibrium surface temperatures corresponding to the peak heating rate along a typical
low cross-range trajectory are shown.® The lowest Reynolds number corresponds to the value for a full-scale
vehicle near peak heating. At the beginning of the wing region, the data indicate a trend of increased heat-
ing with increased Reynolds number, indicating the complex nature of the flow in this region. The data
toward the rear of the fuselage also depend on Reynolds number, indicating that transition to turbulent flow
may be taking place. The laminar theory line represents the calculated heating rates using cross-flow
theory from Ref. 2. Along the fuselage centerline, this theory reduces to swept-cylinder theory, modified
to account for differences in centerline velocity gradient by applying the velocity gradient correlation

equation from Ref. 3. Beyond x/L = .1, the theory and data agree reasonably well, except in the regions

where Reynolds number effects occurred.

For the straight-wing orbiters, = 567 kW/m?(50 Btu/ft®sec) and ¢ = .8.

95 ,R=.305 m
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WINDWARD SURFACE OIL-FLOW PHOTOGRAPH
(Slide b)

Slide 4 is a photograph of an oil-flow pattern representing the surface streamline directions on the
lower surface of the NAR low cross-range orbiter at a = 30O and M_ = T.4. The streamline patterns on the
fuselage ahead of the wing are uniform and show less cross flow than at o = 600. In the region of the
wing the cross flow is diminished considerably, whereas downstream of the wing evidence of cross flow
reappears. On the wing, the patterns indicate the body- and wing-shock interaction region, which is

discussed by H. Lee Seegmiller (paper no. 7-I of volume I of this compilation).
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CENTERLINE PRESSURES AND HEATING RATES
(slide 5)

Normalized centerline pressure and heating-rate distributions for o = 300 and M_ = 7.4 are given
on Slide 5. The pressures decrease with distance from the stagnation region, except for the slight
increase in the wing region. The pressures agree reasonably well with Newtonien theory. The heating
rates for a range of Reynolds number also show a uniform decrease with distance from the stagnation region.
As at o = 600, an exception in this trend occurs near the beginning of the wing region where increases in
Reynolds number result in increases in heating rate, but the effecf is less severe than at o = 600. Also,
increased heating with increased Reynolds number occurs at the most rearward location, probably because
transition to turbulent flow is taking place, but there was insufficient data to obtain quantitative
transition locations. Except in the stagnation and wing regions, the heating rates agree very well with

the laminar cross-flow theory described previously.
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FLIGHT AND WIND-TUNNEL LAMINAR HEAT-TRANSFER PARAMETER FROM THEORY
(Slide 6)
Extrapolation of the laminar cross-~flow theory to flight altitudes and wvelocities provides an interest-
ing comparison. In Slide 6, a heat-transfer parameter, which is proportional to the ratio of heat-transfer
coefficients h/ho,R’ is plotted versus entry time for a typical low cross-range trajectory. The nominal

angle of attack is 60° and o varies between 700 and 50o as a result of body curvature changes between

SL
x/L = .1 and 1.0.

The solid line labeled wind tunnel is the magnitude of the parameter for ideal gas conditions at
reasonably high Mach number. The magnitude is equivalent to the ratio of the body cross-flow velocity
gradient to the corresponding gradient on a cylinder of the same radius. The influence of transport proper-

1.4

ties and angle of attack is accounted for in the constant of proportionality _——E—E—_——' The shaded
sin™* agr,

region labeled flight shows the deviation from cold tunnel conditions, wherein account has been taken for
real-gas effects on velocity gradient and transport properties. The largest deviation results from changes
in the velocity gradient ratio calculated using the inviscid flow computer program described in Ref. L.

The limits on the shaded region itself account for transport property changes evaluated from the real-gas
boundary layer solutions of Ref. 5. The maximum deviation is only about 20%, which corresponds to a 5%
deviation in radiation equilibrium surface temperatures. Based on this theory, direct extrapolation of

wind-tunnel heat-transfer coefficients would yield good results.
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WING PRESSURES AND HEATING RATES
(slide T)

Wing pressures and heating rates are plotted versus percent of exposed semispan. At a given span
location the pressures increase rapidly from the leading edge to the 10% chord location and decrease
thereafter. This trend is expected since the stagnation line lies somewhat downstream of the 10% chord
location, and pressure should be highest along this line. Inboard of the 20% semispan location some of
the pressures exceed the normal shock value. Except for the wing leading edge, the pressures have essen-
tially the same magnitude as on the fuselage centerline at x/L = .6, where the pressures showed an abrupt
increase.

The heating distributions are similar to the pressure distributions. The heating is highest along
the 10% chord location, except at the 25% semispan location where the leading edge heating is highest.
(The actual magnitudes of these heating rates may be affected by conduction errors.) The wing heating is
always as high or higher than the fuselage heating. The maximum indicated equilibrium surface temperatures

are about 1600° X (2400° F). However, it should be noted that real-gas effects were not simulated in

these tests.
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WING PRESSURES AND HEATTING RATES
(s1ide 8)

Wing pressures and heating rates at a = 30o and M_ = T.4 are shown. Both the pressure and heating
distributions reflect the complex nature of the flow over the wing at this angle of attack. For example,
the leading edge pressure at the 25% semispan location is 1.L45 times the normal shock pressure, indicating
a complex shock system. The heating at this location, however, is not the highest measured value. The
highest heating appears at the 10% chord location. (Conduction errors may be affecting the very high
rates.) Although the flow over the wing is complex, the highest temperatures are confined to the region
between 0% and 25% chord, where temperatures reach 1700° K (2600° F). The temperatures at greater chord

distances are essentially the same as those on the fuselage centerline.
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EFFECT OF REYNOLDS NUMBER ON WING HEATING RATES
(slide 9)

Changing the free-stream Reynolds number affected the heating at all span locations. An example of
this effect (for the 25% semispan location) is shown for two angles of attack. At both angles of attack,
the heating rate increased with increasing Reynolds number. The greatest changes in heating occurred at
o = 300, where the wing and body shock interaction was most severe. Although the Reynolds numbers are
higher than those usually associated with the peak heating point along typicel trajectories, inclusion of

this parameter in any theoretical studies i1s clearly necessary.
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SURFACE OIL-FLOW PHOTOGRAPH
(Slide 10)

Tests were performed on the MSC straight-wing orbiter to obtain boundary layer transition and
turbulent heating data. These tests were performed on the fuselage without the wing because of struc-
tural limitations. A photograph of the oil-flow patterns taken at two Reynolds numbers is shown on
Slide 10. The highest Reynolds numﬁer resulted in boundary layer transition on the fuselage centerline
about 20% of the axial distance from the leading edge. Although the thickness of the oil on the model
surface for the two tests was not controlled precisely, an examination of the streamline patterns indi-
cates less streamline turning for the turbulent test. Since the patterns are representative of surface
streamlines, the observed differences in turning are consistent with previous studies which show cross

flow to have a small influence on shear and heating in turbulent boundary layers.
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CENTERLINE TURBULENT HEATING RATES
(s1ide 11)

Turbulent heating data at o = 40° and a = 60° are shown. These data are typical of data obtained at
other test conditions, but these tests resulted in the largest extent of turbulent flow over the model.
The data show typical laminar heating from the stagnation point, a region of transitional heating, and
finally turbulent heating. The extent of the transition length is about equivalent to the laminar length.
The data are compared with a laminar theory and three turbulent theories connected with a linear curve in
the transition region where the transition length is assumed equal to the laminar length. The laminar theory
predicts the heating rates reasonably well beyond x/L = .1, as shown previously. The turbulent heating was
calculated by strip theory which accounted for flow divergence, although the corrections for divergence were
small. The boundary layer edge conditions were taken to be those for a swept cylinder (i.e., equivalent to
Newtonian values). The origin of turbulent heating was assumed located at the beginning of transition and
the Reynolds analogy factor was 1.0, a value experimentally verified by data on plates and cones tested in
the same facility (see Ref. 6). The heating is predicted better by the Spalding and Chi theory. At a = 600,
the extent of turbulent flow is limited, but the conclusions regarding the comparisons of theory and data
appear to be consistent with those at o = 40°. It should be noted that turbulent theory based on boundary
layer edge conditions obtained by isentropic expansion from normal shock pressure to the local Newtonian

pressure underpredicted the data.
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WINDWARD SURFACE OIL-FLOW PHOTOGRAPH
(Slide 12)
This slide shows a photograph of the oil-flow patterns on a delta-wing orbiter for o = SOO and

a = 300.* Contrasting features of the two patterns point out interesting features of the flow at high
and intermediate angles of attack. (The elevons at the rear of the delta wing are undeflected at o = 30O
and deflected away from the flow at o = SOO, but these differences are incidental to the comparisons made
here.)} At the highest angle of attack the uniform patterns over the fuselage ahead of the wing and on the
wing itself show significant cross flow. A parting line forms downstream of the leading edge of the wing
where the streamlines ahead of the line flow forward over the blunt leading edge and aft of the line flow
back and outward. The streamlines over the delta wing appear to run almost parallel to the wing leading
edge. At the lower angle of attack, there is less cross flow over the fuselage. The parting line where

the streamlines flow forward over the blunt leading edge of the wing moves closer to the leading edge, and

the streamlines aft of this line appear to flow straight back over the delta wing.

%
The configuration is the NAR 129 delta wing which has a slightly larger wing area than

the 134 model used in the heating and pressure tests.
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WINDWARD CENTERLINE PRESSURES
(slide 13)

Windward centerline pressures on the delta wing for various angles of attack are plotted versus axial
distance. At each angle of attack the pressures decrease with distance from the stagnation region, remain
constant over the flat portion of the body, and then decrease rapidly beyond the 80% station where boat-
tailing of the body surface occurs. The solid line represents a prediction of the pressures for wind
tunnel conditions using an equivalent-elliptic-cone method. The angle B between the body and shock is
obﬁained from a continuity relationship similar to that given in Ref. 7. The pressures are then obtained
from a general correlation of pressure coefficient and B with angle of attack as a parameter. Good agree-
ment is obtained at all angles of attack., Over the boattailed section, a Prandtl-Meyer expansion predicts
the decrease in pressure. Also shown at the highest angle of attack is a Newtonian prediction of the
pressure over the flat portion of the body surface. For this and all other angles of attack, Newtonian

theory underpredicts the pressures by about 15% to 20%. As shown by the dashed line, an extrapolation of

the equivalent-elliptic-cone prediction to typical flight conditions shows that the pressure ratio decreases

slightly. The extrapolation agrees more closely with Newtonian theory because at flight speeds and

altitudes the body and shock curvatures come into closer alinement.
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WINDWARD CENTERLINE HEATING RATES
(8lide 1k)

Centerline heating rates for various angles of attack are shown. The data, obtained using a thermo-
couple model., are shown for Reynolds numbers between 1 x lO6 and b4 x 106. The data are believed to be
laminar, except at o = 530, where the last station showed a consistent increase in heating with increase
in Reynolds number which is usual when transition to turbulent flow occurs. Data at higher Reynolds number
are shown later. The corresponding radiation equilibrium surface temperatures for the maximum heating rate
along a typical lifting trajectory with the body at o = 30° are shown for comparison.® At q = 300 the
laminar heating rates on the delta-wing orbiter fuselage are lower than those on the straight-wing orbiter
fuselage at o = 60°. However, surface area and insulation requirements are greater for this configuration
and the possibility of turbulent heating near peak heating is more probable. The solid lines are laminar
heating predictions using strip theory accounting for flow divergence (e.g., see Ref. 8). The expression
for divergence used here was Eq. (14) of Ref. 8, and the cross-flow velocity gradient was taken from the
correlation equation given in Ref. 3. The agreement between theory ahd prediction is good, except at o = 300
in the wing region, probably because of the expression used to describe the divergence. It is believed that
strip theory accounting for dlvergence will provide better agreement when inviscid flow calculations are used
to obtain the streamline divergence. The dashed curve is the laminar cross-flow theory discussed previously,

and it agrees very well with the data ahead of the wing location. Application of this theory over the wing

region was not attempted.

For the delta-wing orbiter, = 681 kW/m?(60 Btu/ft’sec) and € = .8.

95,R=.305 m
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WINDWARD WING PRESSURE
(S1ide 15)

The wing pressure distributions on the delta-wing orbiter are given for two angles of attack. The
pressure ratios are shown as a function of percent exposed semispan for various chord locations. For a
given chord location the pressures decrease slightly with increasing span. At a given span location the
pressures are highest at the 20% chord location and decrease both forward and aft of this location as

would be expected from an inspection of the streamline patterns shown previously.
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WINDWARD WING HEATING RATES
(8lide 16)

Windward wing heating rates on the delta wing at o = 530 for three span locations are shown. The
heating is highest over the leading-edge region of the wing. Beyond the 30% chord location the heating
levels and corresponding eqbnilibrium surface temperatures are nearly the same as those on the fuselage
centerline. At this angle of attack, the heating rate at the rearward chord location increased with
increasing Reynolds number, indicating the possibility of transition to turbulent flow. This same effect
was noted previously for the centerline heating at o = 530. This suggests that transition was taking place
uniformly across the orbiter's lower surface. However, the data were not sufficient to obtain a quantita-
tive definition of the transition location. Also, at the 8L4.3% span location the heating at the 40%
chord location shows a marked increase at the highest Reynolds number. The exact cause for this increase

is not known at this time, but it may be related to irregular heating patterns which are discussed

subsequently.
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WINDWARD WING HEATING RATES
(Slide 17)

Windward wing heating rates on the delta wing at o = 30O for three span locations are shown. The

heating rates are highest over the leading edge of the wing. Beyond the 30% chord location the heating

rates and corresponding temperatures are at about the same magnitude as the fuselage centerline rates.
The effect of Reynolds number variation on the heating ratios is negligible, indicating that the flow was

probably laminar. However, it will be shown later that at the highest Reynolds number, T.24 x lO6

5
transition from laminar to turbulent flow occurred on the fuselage centerline. Therefore, at this angle
of attack, transition does not occur uniformly across the orbiter's lower surface, but begins first on the

fuselage centerline.



WINDWARD WING HEATING RATES
NAR DELTA-WING ORBITER

Meo = 7.4 a =30°
4 [ 16.7% EXPOSED SEMISPAN °F °K
3.§ 2.2 -
|'4 PERCENT CHORD PERCENT
_.2r 251020 40 60 80 EXPOSED
St g 6 2 = e — 16.7
. o, 1.O ™ NGO L 45.6
KE) o) ! | B I L _@ ] g . 1.0 8 lO ‘\X ‘L | ga3
3 - BNAN .
q X
Q-4 45,6% EXPOSED SEMISPAN "
3 2.2 o
65 1.4 2
J 25
o % 8 12
s . F o 16 o
E ool v v, B, H10-8H
& wl
S 41 84.3% EXPOSED SEMISPAN 2 Re. x10-6
- L oL
< .3 B 2.2 %
s FUSELAGE L4 & o 1.04
-2 @ o) VARIATION A 2,12
| g \ e 12 o 3.06
' B | o 4.17
R TR NN SR R S T~ R 1.0 8 v 7.24
O 20 40 60 80 100

PERCENT CHORD

Gg

Slide 17



9¢

PHOTOGRAPH SHOWING IRREGULAR HEATING PATTERNS
AT HIGH REYNOLDS NUMBER
(81lide 18)

Phase~change paint heating tests were performed on the NAR delta wing. The model (NAR 129) had a
somewhat larger delta wing than the thermocouple model {NAR 134), but otherwise the two models are geo-
metrically similar. At reasonably high Reynolds numbers, but not high enough to cause transition to
turbulent heating, irregular heating patterns were observed for angles of attack to 300. A photograph
illustrating such a pattern is shown in this slide. The darkened streaks indicate high heating regions,
indicated by the insert showing the heating ratios across the wing. These irregular patterns appear to be
vortices, stresking back from the wing leading edge, and they set up rather severe lateral gradients in
heating. Furthermore, these vortices could be precursors to boundary layer transition and further studies

of them will be undertaken.
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IRREGULAR SPANWISE HEATING RATES
(slide 19)
The insert shown in the previous slide is reproduced here to allow a gquantitative assessment of
the effects of the vortical streaks. The irregular heating data at the higher Reynolds number can be
compared with the uniform heating data at the lower Reynolds number to assess the relative effects of the
vortices. Factor-of-two differences in heating ratio were achieved, and these differences could prove

to be a formidable problem in the design of the heat shield.
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WINDWARD CENTERLINE TURBULENT HEATING RATES
(8lide 20)

Turbulent heating rate data on the centerline of the NAR delta-wing orbiter are shown for two angles
of attack. The data at o = 30° were taken on the thermocouple model (NAR 13k4), while those at o = 10°
were taken on a stycast model (NAR 129) using the phase-change paint technique. The heating rates are
laminar over the first half of the models. Trapsition to turbulent flow occurs in a region which covers
less than half the laminar flow extent. Turbulent heating was achieved over the remaining 20 to 30% of
the body length. Corresponding radiation equilibrium temperatures at o = BOO indicate a maximum temperature
near 1400° K (20000 F) at the end of transition. The laminar rates compare favorably with strip theory,
accounting for divergence as shown previously. The data are also compared with three turbulent theories
using strip theory, accounting for divergence, but, as mentioned previously, corrections are small for
turbulent theory. The origin of the turbulent flow was assumed to be at the beginning of transition
(i.e., where the heating rates begin to depart from laminar theory) and the Reynolds analogy factor was 1.0.
All three theories predict the measured decrease in turbulent heating rates. However, more turbulent
heating data over a larger extent of the delta-wing orbiter will be required before a definitive choice

of turbulent theory can be made.
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WINDWARD SURFACE CENTERLINE TRANSITION LOCATIONS
(Slige 21)

In previous slides, boundary layer transition from laminar to turbulent flow was indicated in the
heating distribution data. A table of the locations of the beginning of transition obtained from various
heating data is given in this slide. The nominal body angle of attack, the angle of attack of the body
surface at the transition location, and the tunnel test conditions are all given along with the values of
x/L at transition. These data represent only those tests where a quantitative determination of boundary
layer transition location could be made. The data shown here are for smooth models, but the "dusty" test
environment in the Ames 3.5-foot hypersonic wind tunnel caused by sediment in the pebble heater did create
a certain amount of model pitting during the tests. The data indicating possible boundary layer tripping
were those where pitting may have been excessive. 8Some tests with controlled roughness will be discussed

subsequently.
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WINDWARD SURFACE CENTERLINE

LOCATIONS
Mo = 7.4 Tw/T=0.4
Py Ty
@ ®w__lwmZ psia | °K | °R (/L)
60 56 |2758] 400| 75011350 0.71
60 56 |4619| 670|772]1390 .66
60 56 |6412| 930|783(1410 .60
60 60 [8136|180|772(1390 .52
60 61.2 |9928|1440|778{1400 43
40 36 |[6412| 930|761 |I1370| 57(TRIPPED?)
40 36 | 8274|1200 76! [1370 83
40 41,5 |9928(1440|789(1420( .4(TRIPPED?)
40 36 |11170[1620]| 7671380 .75
15 15  [9928|1440|839(1510 .56
15 15 0273|1490 7721390 55
20 20 ]10273[1490|783 1410 .52
30 30 [10273(1490(783 (1410 54
| O* 10 [I0756(1560| 7721390 53
20* 20 10825|1570]833 |I1500 42
30* 30 |8343|1210|827(1490| .29(TRIPPED?)

* PHASE~-CHANGE PAINT DATA AND LARGER DELTA WING (NAR [29)

Slide 21

TRANSITION

MSC
FUSELAGE
WITHOUT WING
(SMOOTH MODEL)

NAR 134
DELTA WING
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MEASURED TRANSITION REYNOLDS NUMBERS COMPARED
WITH CRITERION BASED ON ANGLE OF ATTACK
(Slide 22)

The transition data from the previous table have been compared with various boundary layer transition
criteria. A comparison with the criterion based on angle of attack presented by R. V. Masek from McDonnell
Douglas in Ref, 9 is shown in this slide. The local momentum-thickness transition Reynolds number,
normalized by local Mach number and unit Reynolds number, is plotted versus local body angle of attack.

The local boundary layer edge conditions of pressure, velocity, and temperature were evaluated as if the
flow were over a swept cylinder. The local momentum thickness was calculated with account taken for flow
divergence as suggested by Masek., For local angles of attack below 560, the data lie above the correlation
line. TFor local angles of attack above 560, the data scatter about the correlation line. The comparison
suggests that the criterion based on angle of attack would predict shorter lengths to transition than those
measured during these tests. Also, the effect of local unit Reynolds number was not completely correlated

by normalization with (Re/L)O‘E.
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MEASURED TRANSITION REYNOLDS NUMBERS COMPARED
WITH CRITERION BASED ON ANGLE OF ATTACK
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MEASURED TRANSITION REYNOLDS NUMBERS COMPARED
WITH CRITERION BASED ON LOCAL MACH NUMBER
(Slide 23)

A comparison of the transition data from the previous table with a criterion based on local Mach num-
ber, given by Jack D. Moote from North American Rockwell in Ref. 10, is shown in this slide. The local
boundary layer edge conditions of pressure, velocity, and temperature were evaluated in two ways to be con-
sistent with the assumptions used by Moote. For angles of attack of 30° and below, local conditions were
evaluated as if the flow were over a swept cylinder (at this Mach number equivalent cone conditions are
only slightly different from swept-cylinder conditions). Above fhese angles, the conditions were evalu-
ated assuming the flow had expanded isentropically from normal shock pressure to a local pressure obtained
from Newtonian theory. All the data lie above the correlation line, indicating that this criterion would
predict shorter lengths to transition than those measured during the tests. A comparison of these results
with those shown on the previous slide using a criterion based on angle of attack can be misleading.
Although the criterion based on local Mach number appears more conservative relative to the present data,
in application to flight conditions the criterion based on angle of attack becomes more conservative
because that correlation depends on the local unit Reynolds number which can be several orders of magnitude
different from that in the wind-tunnel tests. Before any conclusions can be reached regarding appropriate
transition criteria, more transition data on bodies at angle of attack will be required. Moreover, more

refined calculations of local boundary layer edge properties will be required before more meaningful

correlations are attempted.
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MEASURED TRANSITION REYNOLDS NUMBERS COMPARED
WITH CRITERION BASED ON LOCAL MACH NUMBER

|07 —
>"<" | 0]
o i o] o)
o _
L)
m
S
2 i o
w
3 6 NORTH AMERICAN
© I0° %
Z & CRITERION (REF. I10)
L) L
-
=Z »
o
|u:) o0 NAR 129 DELTA-WING ORBITER
<Z[ B O NAR 134 DELTA-WING ORBITER
|L'I_: ¢ MSC STRAIGHT-WING ORBITER

|05 | I I 1 [ I |

o | 2 3 4 5 6 7

LOCAL EDGE MACH NUMBER, Mg

Slide 23



89

EFFECT OF SIMULATED PANEL JOINTS ON
BOUNDARY LAYER TRANSITION
(8lide 2k)

Practical designs of heat-shield structures may introduce a certain degree of surface roughness.
As shown previously, pitting roughness sometimes resulted in early boundary layer transition. Some
tests have been performed to determine the effects of simulated heat-shield panels on boundary layer
transition. The results are preliminary and more tests are planned, but the results are informative.
The fuselage of the MSC straight-wing orbiter was tested with simulated panel joints and the heating dis-
tributions were compared with those obtained on a smooth model. The scaled panel dimensions are shown on
the slide. At o = 60° the simulated panel Jjoints had little effect on boundary layer transition. At
o = 40° the simulated Joints had a significant effect on the location of transition. The exact reason
for the dramatic differences at the two angles of attack is not known, but changes in cross flow, local
Mach number, and boundary layer thickness all probably have affected the results. Results similar to
those at o = 40° were also obtained during some of the "smooth" model tests where pitting roughness was
not removed between tests. The Implication of these tests is that roughness introduced by heat-shield

design may be an important parameter.
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CONCLUSIONS
Straight Wing
1. TFuselage laminar heating rates were predicted by cross-flow theory. ILaminar wind-tunnel heat-transfer
coefficients were shown to extrapolate to flight conditions with reasonable accuracy.
2. Wing heating rates were highest ashead of the 25% chord location. Heating rates on the remainder of the
wing were near fuselage heating levels; however, heating increased with increased Reynolds number.
3. Turbulent heating rates were predicted with strip theory accounting for flow divergence. Spalding and
Chi theory with Reynolds analogy factor of 1.0 agreed with measured heating rates.
4, For Reynolds numbers to 10 X 106, transition lengths were equal to laminar flow lengths. Transition
Reynolds numbers were generally higher than proposed criteria. Roughness effects need further

Investigation.

Delta Wing
1. Centerline pressures were predicted by an equivalent-elliptic-cone method. Heating to an angle of attack
of 30° was predicted reasonably well by strip theory accounting for flow divergence. Better agreement is
expected when inviscid flow calculations are used to describe streamline divergence.
2. Wing heating rates were highest ahead of the 25% chord location. Heating rates on the remainder of the
wing were near the fuselage centerline heafing levels. For Reynolds numbers less than those for transi-

tion, vortices caused irregular heating patterms.
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5. Centerline turbulent heating rates were predicted with strip theory accounting for flow divergence. More
data are required to resolve the choice of strip theory.

4. Heating patterns in the transition region changed with angle of attack. For Reynolds numbers near 8 X 106,
centerline transition lengths were less than half the laminar flow lengths. Transition Reynolds numbers

were generally higher than proposed criteria. Roughness effects need further investigation.
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AN ANALYSIS OF PREDICTED SPACE SHUTTLE TEMPERATURES

AND THEIR TMPACT ON THERMAL PROTECTION SYSTEMS

By R. V. Masek
McDonnell Douglas Corporation
3t. Louis, Missourl

and J. Alan Forney
NASA George C. Marshall Space Flight Center
Marshall Space Flight Center, Alabama

SUMMARY

The aercheating methodologies used by the prime Phase B Space Shuttle contractors are analyzed to
determine which of the methodology assumptions accounts for the discrepancies in predicted temperatures.
The corresponding effect of methodology assumption on thermal protection system (TPS) unit weight is
determined for two TPS concepts, a metallic heat shield and a surface insulation concept. The low and
high crossrange misgsions are considered. Flow field assumptions included conical flow and normal shock
expansion to Newtonian pressure. Two boundary layer transition criteria were considered, one currently
utilized by McDonnell Douglas and the other a transition Reynolds number vs. Mach number relation uti-
lized by North American Rockwell, Temperature time histories were computed at five lower centerline
locations for various cowbinations of flow field method, transition criteria, turbulent heating method
and trajectory.

For the low crossrange mission peak temperature was found to be most sensitive to flow field
assumption and for the high crossrange mission transition criteria were found to be most influential.
The conical flow assumption produced temperatures 166°C - 222°C higher than the normal shock assumption.
The effect of transition criteria was gbout 111°C. For the low crossrange mission the TPS unit weight
corresponding to NAR aercheating methodology was 32.1 N/m2 lighter than for the MDAC aercheating
methodology.

PAPER 4
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METHODOLOGY

COMPARISON

METHODOLOGY ITEM

MDAC

NAR

LOW

HIGH CROSSRANGE MISSION:

FLOW FIELD

TRANSITION CRITERIA
TURBULENT HEATING
TRAJECTORY DISPERSION
DESIGN FACTOR

CROSSRANGE MISSION:
FLOW FIELD
(ALL REMAINING METHODOLOGY

ITEMS UNCHANGED FOR LCR
MISSION)

0BLIQUE SHOCK
(Reg/M ) (X/Rey )2 AS £(8)

ph

YES (-762 METERS)

0

1.1

BLIQUE SHOCK

OBLIQUE SHOCK
Re, AS (M)
SPALDING - CH!
NO
1.15

NORMAL SHOCK

Slide 1
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Methodology Comparison

(slide 1)

The essential features of the McDonnell Douglas (MDAC) and North American Rockwell (NAR)
aerchegting methodology are listed. For the high crossrange mission, the vehicle angle-of-attack
is in the vicinity of 20° - BOO whereas for the low crossrange mission angles-of-attack of 500 - 6OO
are generally used. The MDAC transition parameter varies from a value of about 10 at low surface
deflection angles (8 = 0 - 20°) to about 20 for & = 60°. The 762 m trajectory dispersion used
by MDAC is to account for guidance errors. The MDAC design factor is applied to both laminar and
turbulent heating rate. The NAR design factor is used for turbulent heating only. The change by
NAR in flow field method to normal shock for the low crossrange mission will be seen to have a
large effect on their predicted temperatures. The methodologies listed represent the state of

assumptions as of approximately October 1970. Some changes have been made by each company since

that time.
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TRANSITION CRITERIA COMPARISON
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Transition Criteria Comparison

(siide 2)
In order to compare transition criteria, it is necessary to transform the MDAC parameter into the
RXT vs. Mp form. The result 1s the series of altitude-velocity curves shown at various angles-of-
attack. RXT represents Reynolds number baged on boundary layer run length at transition onset and ML
is the local Mach number. These data were compiled by Jerry N. Hefner of NASA Langley Research Center,

and the value of (RXT) was suggested as the lower boundary for transition. Note that the MDAC

min
criterion is more conservative than the NAR criteria in that it would predict transition earlier in
flight along a typical re-entry trajectory. Different methods of computing inviscid flow field proper-

ties can give large differences in local Mach number and Reynolds number and this fact must be remem-

bered when comparing transition criteris.
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Predicted Temperatures
(Slide 3)

Peak lower surface centerline temperatures predicted by MDAC and NAR are shown as a function
of X/L (L is vehicle length, X is axial distance originating at the nose). The low crossrange
mission is performed by a straight wing orbiter and the high crossrange mission by a delta wing
orbiter. These temperatures were used as checkpoints to insure that each Shuttle contractor's
aeroheating methodology was being properly duplicated for the calculations of the study. Note
that for the low crossrange mission there is an 44400 difference between the predictions of MDAC
and NAR for the aft 50 percent of the vehicle. For the high crossrange mission the differences

in predicted temperature are smaller, being on the order of 16600 at forward orbiter locations.



4]

Tweq DEGREES CENTIGRADE

TYPICAL LOW CROSSRANGE TEMPERATURE HISTORIES

MDAC TRANSITION

1200
1100 % — | MDAC TRAJECTORY
1000 /N 7\\ X/L = .5
900 4 ,)‘ —_— /./\ \
800 // \*\/‘/ R — 0BLIQUE FLOW
700 //!/'/’———_-“-r:--——’/ \ FIELD
i, \
600 /' // \\
/ |
500 / / ! ——- NORMAL FLOW
a4 4 ‘
400 A NAR TRANSITION FIELD
A
300 /44
200 ¥
100

0 100 200 300 400 500 600 700 800
TIME, SECONDS

Slide 4



€8

Typical Low Crossrange Temperature Histories

(s1ide k)

After matching the predicted temperatures shown on the previous slide with each contractor's
aerocheating methodology, a systematic variation of the flow field method, transition criteria,
turbulent heating method, etc. was undertaken. This slide shows some of the resulting equilibrium
wall temperature histories. Using the MDAC transition criteria, the normal shock flow field gives
25500 lower temperatures than does the oblique flow field. TFor the NAR transition criteria, this
flow field difference gives a 18500 difference in peak temperature. Using the oblique shock flow
field, the NAR transition criteria give 78°C lower temperature than that given by MDAC transi-
tion criteria. For the normal shock flow field, this transition criteria difference gives a

390C¢ peak temperature difference.
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REYNOLDS NUMBER VARIATION DURING ENTRY
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Reynolds Number Variation During Re-Entry

(s1ide 5)

Reynolds number at the X = 30.5 m location is shown as a function of re-~entry time for
two flow field assumptions, oblique shock and normal shock. Recall that oblique shock is used by
MDAC and normal shock is used by NAR. Other flow field quantities such as Mach number and momentuim
thickness were computed and used to construct the dashed curves. The dashed curves represent the
variation during re-entry of Reynolds number required for transition onset for the MDAC and the NAR
transition criteria. NAR wouwld predict transition onset at the time when the normal shock Reynolds
number curve crosses the predicted onset Reynolds number curve for their transition criteria. Note
that the onset Reynolds number is quite similar for the two transition criteria. However the NAR
normal shock flow field method gives much lower Reynolds numbers at the same trajectory conditions

and hence transition onset occurs substantially later in flight.
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Typical High Crossrange Temperature Histories

(S1ide 6)

The effect of transition criteria on lower centerline temperature histories for the
X/L = .25, .75 locations is shown. Transition occurs later in flight according to the
NAR criteria and corresponds to a reduction in peak temperature of ~ lllOC for these

two body locations. At other locations the effect was found to be smaller.



88

EFFECT OF METHODOLOGY

ASSUMPTIONS ON

PEAK TEMPERATURE

METHODOLOGY ITEM

LOW CROSSRANGE

HIGH CROSSRANGE

TRANSITION CRITERIA
FLOW FIELD METHOD
TURBULENT HEATING METHOD

TRAJECTORY

~83°C
~194°C

~111°C

~111°¢C
NONE
*

~ 56°C

~111°¢C

TOTAL

NAR ~388°C COOLER

NAR

~4166°C COOLER

Slide 7
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Effect of Methodology Assumptions on Peak Temperature
(81ide T)

In determining the contribution of a particular methodology assumption to the discrepancies
in the Shuttle coﬁtractor temperature predictions, it was found that the answer depended on vehicle
location as well as the remaining methodology assumptions required to calculate a temperature
history. For example the question of how much cooler the NAR transitionicriteria are than the
MDAC criteria depends on the flow field assumption used to evaluate the transition criteria
effect. As a result the temperature effects shown are essentially averages for a number of body
locations and combinations of methodology assumptions. The low crossrange results shown are
applicable to the aft 50 percent of the straight wing orbiter and the high crossrange results
are applicable to no particular point but represent typical maximum values at several points.

Positive numbers indicate NAR is cooler; the asterisk indicates NAR is hotter.
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REPRESENTATIVE TPS ARRANGEMENTS
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Representative TPS Arrangements

(slide 8)

Two thermal analysis models were developed to define the temperature distribution through
the thermal protection system and the resultant unit weight. One-dimensional heat flow was
assumed and no accounting was made for local heat shorts and attachments. These models are
shown schematically in the figure. The one on the left consists of a metallic heat shield
which may be columbium on cobalt superalloy depeﬁding on the peak temperature. The maximum
use temperature of the cobalt superalloy was assumed to be 1094°C and columbium was used at
temperatures above 1094°C. The insulation was assumed to be 56.02 kg/m? Microquartz and this
was sized to limit the aluminum structure to lh9OC. The metallic heat shield was sized for
the critical combination of flight temperature and pressure. The second concept consisted of a
surface insulation layer of HCF having a density of 240.08 kg/m?, supported by a honeycamb sub-
structure. In this arrangement, the HCF was sized to limit the bond between it and the honey-
comb to 26000, and the aluminum structure was also constrained to a peak temperature of lh9OC.

Ground cooling was assumed after a 1200 second subsonic cruise and taxi.
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COMPARISON OF LOWER FUSELAGE TPS REQUIREMENTS

TRAJECTORY: MDAC — LOW CROSSRANGE
FLOW FIELD / AVERAGE UNIT WEIGHT
TRANSITION CRITERION (N/m?)
METALLIC HCF
OBLIQUE / MDAC 143 129
OBLIQUE / NAR 127 124
BLUNT BODY/MDAC 117 122
BLUNT BODY/ NAR 111 118

Slide 9
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Comparison of Lower Fuselage TPS Requirements — Low Crossrange
(s1ide 9)

Temperature histories derived for the MDAC trajectory for the combinations of flow field
and transition criteria were used to define the TPS average unit weight over the lower fuselage.
Both thermal analyses models were utilized to show the effect of TPS concept on unit weight
sensitivity. The table shows that the variation from maximum to minimum is 32.08 N/m2 for the
metallic heat shield and 11.5 N/m2 for the surface insulation concept. The major reason for
the differing sensitivities is due to a change in heat shield materials from columbium to the
lighter HS-188 for the metallic concept. As shown in the table there appears to be afturn-
around in the relative weights for the two concepts as flow field assumptions are changed, and
based on the analysis assumptions made in this study the metallic system is slightly lighter
for the blunt body flow field assumptions. In addition to flow field sensitivity, the trajectory
utilized in the analysis affects the unit weight of the TPS. The NAR trajectory has slightly
cooler peak temperatures than the MDAC trajectory but a longer heat pulse. The net result has
not been campletely assessed but calculations at one vehicle station (X/L = 0.5) for the surface

insulation concept indicate that the longer trajectory time increases the weight of the surface

insulation by approximately 9.6 N/me.
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REPRESENTATIVE

TPS REQUIREMENTS
HIGH CROSSRANGE MISSION

(X/L = .5)
FLOW FIELD / UNIT WEIGHT (N/m?)
TRANSITION CRITERION MDAC NAR
TRAJECTORY | TRAJECTORY
OBLIQUE / MDAC 164 15 4
OBLIQUE / NAR 152 141

Slide 10
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Comparison of Lower Fuselage TPS Requirements — High Crossrange

(s1ide 10)

A single vehicle station was evaluated for the high crossrange missions. Since both
contractors utilize the same flow field assumptions, only the transition criterion was varied.
The analysis was conducted for the metallic heat shield concept. The peak temperatures at this
location are lower than 1094°C and the analysis assumed HS-188 cobalt superalloy as heat shield
material. The results shown in the table indicate the transition criterion results in an incre-
ment of approximately 9.6 N/m2 and the trajectory in an increment of about 12.0 N/m2 so the total
difference is approximately 21.6 N/mg. It should be noted that the unit weight numbers depend
on a number of assumptions. Therefore, the absolute values of unit weight may differ when
computed by different analysts. However, the increments presented herein should be changed only

slightly if differing assumptions are used.
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CONCLUSIONS

NAR AEROHEATING METHODOLOGY IS 278°C — 388°C COOLER THAN MDAC FOR THE LOW
CROSSRANGE MISSION AND ~ 56°C COOLER FOR THE HIGH CROSSRANGE MISSION.

FOR BOTH THE LOW AND HIGH CROSSRANGE MISSION THE NAR TRAJECTORIES ARE
~111°C COOLER THAN THE MDAC TRAJECTORIES.

THE NAR TRANSITION CRITERIA IS 83°C — 1119C COOLER THAN THE MDAC TRANSITION
CRITERIA FOR BOTH LOW AND HIGH CROSSRANGE TRAJECTORIES.

FOR THE LOW CROSSRANGE TRAJECTORY THE NORMAL SHOCK FLOW FIELD METHOD OF
NAR IS ~ 194°C COOLER THAN THE MDAC OBLIQUE SHOCK METHOD.

THE NAR AEROHEATING METHODOLOGY RESULTS IN LOWER UNIT TPS WEIGHTS FOR THE
LOW CROSSRANGE MISSION; 32.1 N/ m2 FOR THE METALLIC HEAT SHIELD AND
11.5 N/m2 FOR THE SURFACE INSULATION CONCEPT.

TRANSITION CRITERIA DIFFERENCES ACCOUNT FOR A 9.6 N/m2 INCREMENT IN UNIT
TPS WEIGHT.



L6

BOUNDARY-LAYER TRANSITION AND HEATING CRITERTA APPLICABLE TO
SPACE SHUTTLE CONFIGURATTONS FROM FLIGHT AND GROUND TESTS
By Charles B, Johnson
NASA Langley Research Center
Hampton, Virginia
JNTRODUCTION
As was pointed out by Masek and Forney (paper no. 4 of volume I of this compilation), two signifi-
cant problems in shuttle technology are (1) the boundary-layer transition criterion and (2) the method
used to determine boundary-layer edge conditions. In addition, the method by which the two problems are
solved has a large effect on the skin temperature of the shuttle. The present paper examines the same
two problems by first presenting the results of two new sets of transition data applicable to space
shuttle configurations. One set is from Lengley Mach 8 ground tests and the other set is from a flight
test with a cone reentering at angles of attack. Second, these new data are used in three transition
corelations and are compared with three existing transition criteria. Finally, the three transition

criteria are applied to a space shuttle trajectory for which the local flow properties on the shuttle

are calculated by a real-gas variable-entropy solution.

PAPER 5
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A. S.

E.S.

SYMBOLS
acoustic sensor
electrostatic sensor
heat-transfer coefficient
stagnation-point heat-transfer coefficient
local Mach number at edge of boundary layexr
free-stream Mach number
total pressure in settling chamber of test facility
pltot pressure

local Reynolds number based on wetted length

local Reynolds number based on distance to onset of transition
local Reynolds number based on transformed displacement thickness

local Reynolds number based on momentum thickness

unit Reynolds number
nose radius
free~stream velocity
surface distance
distance normal to wall

angle of attack, deg
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cone center-line angle of attack, deg

local angle of attack, deg

angle relative to windward meridian, deg
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TNSTRUMENTATION ON FLIGHT CONFIGURATION
(Figure 1)

The cone which was used to obtain flight angle-of-attack boundary-layer transition data is shown
in figure 1. The 8% half-angle beryllium cone, which had a 2.54-mm-radius graphite nose, reentered the
earth's atmosphere at approximately 6.9 km/sec at an angle of attack up to 750. The onboard instrumen-
tation used to detect transition consisted of three acoustic sensors and eight electrostatic sensors.
The first effort to determine transition was made with the three acoustic sensors which gave transition
data but which did not give a longitudinal location for the onset of transition because there was only
one sensor in a ray. The second analysis for transitlon was made with the eight electrostatic sensors
which were located four in one ray and three in another ray. This arrangement made possible a more
precise detexmination of the location of transition. ©Some of the preliminary date obtalned with these

sensors are given in appendix A.
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INSTRUMENTATION ON FLIGHT CONFIGURATION
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Figure 1
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CONE CENTER-LINE ANGIE OF ATTACK DURING REENTRY
(Figure 2)

Figure 2 shows the center-line angle of attack of the cone during reentry. At an altitude of
approximately 80 km, the cone has maximm locsl sngle of attack of approximately 750. As the cone
penetrates the earth's atmosphere, the oscillation of the center-line angle of attack is damped. Even
though the cone experienced large local angles of attack, no boundary-layer transition is detected
above an altitude of approximately 46 km. Both the electrostatic and acoustic sensors show that the
first indication of transition is at an altitude of approximately L6 km.

Two flight tests of this particular configuration were made by TEW, Inc., for the Department of
Defense. One of these heavily instrumented flights entered at the design 0° angle of attack, and the
other flight (fig. 2) reentered at high angles of attack due to some anomaly above the earth's atmo-
sphere. The results of the anomalous angle-of-attack flight, which were of no use to the Department
of Defense, were not reduced until Tangley Research Center funds were made available.

The vehicle has a rolling motion in addition to the pitching motion shown in the figure. As a
result of these motions, the various rays of instrumentation are at some instant on the windward
meridian. Because both electrostatic and acoustic sensors have an almost instantaneous response time,
the condition of the boundary layer could be determined at the instant that the sensor was on the wind-
ward meridian. In addition, same transition data were obtained when the sensor was off the windward
meridian. The motion of the vehicle caused a rapid change in the local angle of attack which coupled
with the rapid change in free-stream conditions resulted in a large variation of flow properties at the
edge of the boundary layer. This body motion further caused a particular sensor, for the three

instances when it was on the windward meridian, to indicate a turbulent, then laminar, and then turbulent

boundary layer for high, then low, and then high local angles of attack, respectively.
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DELTA-WING AND STRATGHT-BODY MODELS FOR GROUND TEST TRANSITION STUDIES
(Figure 3)

Figure 3 shows the two models made of high-temperature epoxy plastic which were used in ground
tests of boundary-layer transition at the Langley Research Center. 3Both models are approximately
2% cm long and have an initial sweep angle of T5°; however, one model is a delta wing and the other
is a straight body. The models were tested at Mach 8 at angles of attack of 0°, 20°, 40°, and 60°
over & range of Reynolds numbers per meter from 1.378 X lO6 to 19.0 X 106. The test surface was the
flat-bottom surface. The models had a stainless-steel nose piece of 6.35-mm radius and the swept and

straight leading edges were also 6.35 mm in radius.
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DELTA-WING AND STRAIGHT-BODY MODELS FOR
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PHASE~CHANGE-PATNT HEAT-TRANSFER PATTERNS
(Figure 4(a))

In figure h(a) 1s shown a phase-change-paint heat-transfer pattern on the delta-wing model at
20° angle of attack and a free-stream unit Reynolds number per meter of 13.95 X 106. The plot of the
heat-transfer distribution, h/ho as a function of the surface distance, shows the characteristic dis-
tribution at boundary-layer transition, that is, a decrease in laminar heating up to the start of
transition and thereafter a rapid increase in heating. From the camplex phase-change pattern it would
appear that the front of transition indicated by the high-number contours is quite curved. This curved
front of transition indicates that a two-dimensional strip theory would be applicable for analysis of
the heating because the distance along the center line from the tip to the start of transition is
approximately the same as the distance off the center line from the swept leading edge to the point of

the start of transition.
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PHASE-CHANGE-PATINT HEAT-TRANSFER PATTERNS
(Figure 4(p))
In figure 4(b) is shown the heating pattern for the straight-body model at o = 20° and
R,/m = 13.95 x 106, the same conditions as those for the delta-wing model in figure 4(a). The heating
pattern on the straight body is simpler than the pattern on the delta wing downstream of the point
where the leading edge becomes parallel to the center line. This change in pattern indicates that

swept-cylinder analysis may be appropriate for the straight body at angle of attack.
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PHASE-CHANGE-PAINT HEAT-TRANSFER PATTERNS
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PHASE-CHANGE-PATNT HEAT-TRANSFER PATTERNS
(Figure 4(c))
In figure 4(c) the angle of attack on the delta-wing model is increased to 40° at the same unit
Reynolds number as in figures 4(a) and 4(b). The heat-transfer pattern has considerably simplified,
which is believed due to increase in flow divergence at the higher angle of attack. In addition, the

increase in angle of attack hags moved the start of boundary-layer transition upstream from the position

found at 20° angle of attack.
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PHASE-CHANGE-PAINT HEAT-TRANSFER PATTERNS
DELTA WING

6

ho =9.919 x 10° W a=40% —= -13.95x 10

_oo
m2 sec Ok m

CONTOUR h/hg
. 5870
. 3389
. 2219
. 2013
. 1445 /
2 1

\

START OF TRANSITION

Ul &~ W N

Figure 4(c)




491

PHASE-CHANGE-PATINT HEAT-TRANSFER PATTERNS
(Figure 4(d))
In figure 4(d) the angle of attack is increased to 40° on the straight-body model at the same unit
Reynolds number as for o = 20°. The pattern at o = 4L0° is somewhat similar to the pattern at
a = 20°; however, as would be expected, the pattern at o = 40° indicates more flow divergence. As
was noted for the pattern at a = 200, a swept-cylinder analysis would be appropriate for this pattern.
Also of interest, this pattern shows both the minimum heating at the start of boundary-layer transition

and the peak heating at the start of fully turbulent flow.
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PHASE-CHANGE-PAINT HEAT-TRANSFER PATTERNS

(Figure 4(e))

Tn figure 4(e) is shown the heating pattern for the delta wing at o = 60° and R&/m = 3,94 x 106,

a unit Reynolds number lower than that for the four previous patterns (figs. 4(a) to (d)). The pattern

is considerably simplified at this higher angle of attack due to the increase in flow divergence. The

minimum point of heating is believed to be the onset of boundary-layer transition; however, further

testing and analysis are required to verify that this is transition.
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VARTABIE-ENTROPY EFFECT AND SCHLIEREN PHOTOGRAPHS OF FLOW-FIELD SURVEY
(Figure 5)

The correct local flow properties are necessary in order to properly evaluate the boundary-layer
transition and heat-transfer results shown in figure 4. Two methods were used to determine the edge
properties of the Langley ground tests: (1) a theoretical variable-entropy solution using a concial
flow-field assumption and (2) a flow-field survey to determine the entropy at the edge of the boundary
layer. The variable-entropy solution shown in figure 5(a) was made for an ideal gas and shows that
oblique-shock theory is applicable about 10 nose radii downstream from the stagnation point. Also
shown in figure 5(b) are two schlieren photographs of the flow-field survey rake mounted on the delta-
wing and straight-body configurations at « = 40°, The flow-field survey was made from the body to the
shock which required that the rake be mounted on the surface and also offset. The rake consisted of

six tubes, three tubes each in two vertical planes.
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SCHLIEREN PHOTOGRAPHS OF FLOW-FIELD SURVEY
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PITOT PRESSURES FROM FLOW-FIELD SURVEY
(Figure 6)

Some preliminary results from flow-field surveys on the delta-wing and straight-body models are
shown in figures 6(a) and 6(b). The results are presented in terms of the ratio of the measured pitot
pressure to pressure in the stagnation chamber of the test facility. The results show that the entropy
at the edge of the boundary layer is at an oblique~shock value. The local Mach number at the edge of
the boundary layer calculated from the measured pitot and the local static pressures agrees with the
Results of additional flow-field

value determined from sharp-cone and variable-entropy solutions.

surveys on a straight-wing orbiter and a delta-wing orbiter are presented in appendix B.
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PITOT PRESSURE RATIO FROM A FLOW-FIELD SURVEY
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TRANSITION CORRELATICNS
(Figure 7(a))

Figure Y(a) shows new boundary-layer transition date obtained from the Langley Mach 8 ground tests
on the delta-wing and straight-body configurations and from the flight of a cone which reentered the
earth's atmosphere at angles of attack. In addition, the transition results from two other flights are
shown. The boundary-layer edge conditions for the ground test data and the flight angle-of-attack cone
data were calculated by using oblique-shock entropy. In general, the new ground test data and cone
angle-of-attack flight data fall below the McDonnell Douglas transition criterion; this indicates that
with respect to these data the transition criterion is optimistic. The cone flight values labeled A.S.
and E.S. refer to data obtained from the acoustic and electrostatic sensors, respectively, with the

flagged symbols for the A.S. indicating data off the windward meridian.
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TRANSITTION CORRELATTONS
(Figure 7(D))

Figure 7(b) shows the new boundary-layer transition data presented in figure 7(a) and data from
reference 1. The boundary-layer edge conditions for Hefner's data (ref. 1) have been calculated by
using obligque-shock entropy. In general, most of the data fall below the McDonnell Douglas transition
criterion; this indicates that the boundary-layer transition criterion is somewhat optimistic. The
local Reynolds number based on momentum thickness Re,e used in this correlation includes the effect

of flow divergence and is calculated by a McDonnell Douglas method.
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TRANSITION CORRELATION
(Figure 8(a))

Figure 8(a) shows the new boundary-layer transition data obtained from Langley Mach 8 ground tests
on the delta-wing and straight-body configurations and from the cone angle-of-attack flight. The edge
conditions for the Langley ground test data are calculated by using normal-shock entropy (because the
transition criterion is based on normal shock entropy), but the cone angle-of-attack and other flight
data are calculated by using oblique-shock entropy. In general, the Langley Mach 8 ground test data
are below the North American Rockwell transition criterion; this indicates that the criterion may be
somewhat high for Mach numbers less than 3.0. However, above a Mach number of 5 the North American
Rockwell criterion falls within the scatter of the cone angle-of-attack flight data. Also shown is

the lower bound transition criterion of Hefner (ref. 1).
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TRANSITION CORRELATION
(Figure 8(1))

Figure 8(b) shows the new boundary-layer transition data presented in figure 8(a) and data from
reference 1. The boundary-lsyer edge conditions are the same as those used in reference 1 (i.e.,
normal shock for blunt-nose configurations and oblique shock for sharp;nose configurations). The
scatter of the data below a Mach number of 4.0 is large; however, most of the data fall below the
criterion and this indicates that up to a Mach number of 4.0 the North American Rockwell transition

criterion is optimistic. Also shown is the lower bound transition criterion of Hefner (ref. 1).
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TRANSITION CORRETLATION
(Figure 9(a))

Figure 9(a) shows the new boundary-layer transition data from (1) the Langley Mach 8 ground tests,
(2) the cone angle-of-attack flight, (3) two other flights, and (4) some blunt-cone flight data. The
solid line represents the best linear fit to 78 flight data points at a = 0° and was established
independently of any other data presented in figure 9. The new data are presented in texrms of a corre-
lating parameter established by Beckwlth and Stainback of the Langley Research Center from a statistical
analysis (ref. 2). In general, the cone angle-of-attack flight data scatter around the linear fit to
the T8 flight data points from Mg =5 to 12. Below a Mach number of 5 the data drop sharply from the
o« = 0° 1linear fit. The angle-of-attack blunt-body extension of the correlation is shown by the dashed
line. The edge conditions are calculated by using oblique-shock entropy. The method of determining

Re,%é is presented in reference 2 by Bertram and Beckwith.
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TRANSITION CORRELATION
(Figure 9(D))
Figure 9(b) shows the new boundary-layer transition data presented in figure 9(a) and data from
reference 1. The boundary-layer edge conditions for the data of reference 1 have been calculated by
using oblique-shock entropy. The blunt-body extension shown in figure 9(a) is a linear fit to all data

herein below a Mach number of about 5.0.
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APPLICATION OF TRANSITION CRITERION TO FLIGHT CALCULATIONS
(Figure 10)

The variétion of the McDonnell Douglas boundary-layer transition parameter, calculated with vari-
able entropy and real gas, for several points along a hypothetical space shuttle trajectory at 40o°
and 60° angles of attack is shown in figure 10. The calculation was made along the plane of symetry,
with a conical flow-fleld assumption, for a configuration that is geometrically similar to the models
used in the Langley delta-wing and straight-body ground tests. For the flight-trajectory1calculations,
a full-scale configuration was used having a 1.524-m (5.0 f£) nose radius. When the McDonnell Douglas
transition criterion is applied to the o = 40° +trajectory (altitude, 76.81 km), transition first
occurs at about 12 nose radil from the stagnation point and moves forward to 3 nose radii at an alti-
tude of 64.77 km. For the a = 60° trajectory (altitude, 81.69 km), transition starts at about

24 nose radii from the stagnation point.
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APPLICATION OF TRANSITION CRITERION TO FLIGHT
CALCULATIONS
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APPLICATION OF TRANSITION CRITERICN TO FLIGHT CALCULATTIONS
(Figure 11)

The variation of the North American Rockwell boundary-layer transition parameter, calculated with
variable entropy and real gas and with normal-shock entropy and real gas, for the same points as in
figure 10 along a hypothetical space shuttle trajectory at hbo and 60° angles of attack is shown in
figure 11, The calculation assumptions and the configuration geometry were the same as those used for
the McDonnell Douglas transition parameter. A comparison of Re,x calculated by using the two entropies
indicates that the level of Re,x obtained with variable entropy is about a factor of 5 higher than
that obtained with ﬁormal—shock entropy. When the North American Rockwell transition criterion is
applied to Re,x: calculated with variable entropy, transition first occurs at about 30 nose radii from
the stagnation point at an altitude of T76.81 km. At an altitude of 64.77 km, transition moves forward
to approximately 7 nose radii. For Re,x at a = 40° calculated with normal-shock entropy, transition
first occurs at an altitude of 67.06 km at about 25 nose radii from the stagnation point. At a = 60°
and an altitude of 81.69 km, the North American Rockwell transition criterion indicates no transition
for either method of determining boundary-layer edge conditions. Thus, the boundary-layer iedge condi-
tions calculated with variable entropy give a more conservative prediction of the onset of transition
than the edge conditions calculated with normal-shock entropy. Hefner's lower bound criterion (ref. 1)

indicates onset of transition close to the vehicle nose.
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APPLICATION OF TRANSITION CRITERION TO FLIGHT CATLCULATIONS
(Figure 12)

The variation of the Beckwith-Stainback boundary-layer transition parameter, calculated with vari-
able entropy and real-gas, for the same point as in figures 10 and 11 along a hypothetical space shuttle
trajectory at 4O° and 60° angles of attack is shown in figure 12. The calculation assumptions and the
configuration geometry were the same as those used for the MDAC and NAR transition parameters. When
the blunt-body extension transition criterion 1s applied to the flight calculation, transition occurs
between 4 and 6 nose radii from the stagnation point for all altitudes.

As pointed out by Masek and Forney (paper no. 4 of volume I), the present transition criteria treat
the unit Reynolds number differently. As a result, the skin temperature of the shuttle can be appre-
ciably affected. The sensitivity of the three transition correlation parasmeters to a unit Reynolds
number effect can be seen by examining the values of the transition parameters for the high and low
altitudes and 40° angle of attack in figures 10, 11, and 12. At the end of the body, the variations of
the transition parameters for the Beckwith and Stainback and McDonnell Douglas correlations are 23 and
T3 percent, respectively, whereas the variation of the transition parameter for the North American

Rockwell correlation is 300 percent.
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APPLICATION OF TRANSITION CRITERION

TO FLIGHT CALCULATIONS
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CONCLUDING REMARKS

It appears from calculations of boundsry-layer edge conditions using variable entropy and from a
flow-field survey that oblique-shock entropy should be used for shuttle configurations, both for flight
and wind-tunnel applications.

It is recognized that as new boundary-layer transition data applicable to shuttle technology
become available and that as the method of determining edge conditions is fixed, the transition criterisa
presented in this paper will possibly change. However, on the basis of transition criteria and method-
ology of December 1970, it appears that the McDonnell Douglas and North American Rockwell criteria are
both optimistic when compared with the new data.

The three transition parameters for a hypothetical real-gas shuttle trajectory show a large varia-
tion with a change in altitude due to the unit Reynolds number effects. TFurthermore, when transition
criteria established from the same three transition parameters are applied to a hypothetical shuttle
trajectory calculated for the same wvehicle and using the same assumptions for determining the boundary-
layer edge conditions, the departure of the criteria from the data is reflected in the distance to the
onset of transition. TFor Instance, at an altitude of 77 km and 40° angle of attack, the McDonnell
Douglas criterion gives a distance to the onset of transition that is less than one-half the distance
found for the Nofth American Rockwell criterion, and the Beckwith-Stainback correlation gives a distance

to the onset of transition that is approximately one-fourth the North American Rockwell distance.
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APPENDIX A
PRELIMINARY ANGLE-OF-ATTACK CONE FLIGHT TRANSITION DATA

Some preliminary boundary-layer transition data from a cone angle-of-attack flight are presented
in table I. The cone had an 8° half-angle and a 2.54-mm nose radius. Data from the acoustic sensors
both on and off the windward meridian are included in the table. Data presented herein from the
electrostatic sensors are evaluatéd only when the sensor is on the windward'meridian. Future data from
the electrostatic sensors will include data off the windward meridian. The reason some electrostatic-
sensor data are missing from a given ray is that, at the instant the sensor is on the windward meridian,
the sensor gives no reading because either (1) the reading was outside the range of the amplifier or
(2) the sensor was in the process of a calibration sweep.

The Systems Group of TRW Inc. under NASA Contract NAS 1-10078 has completed the analysis of the

acoustic and electrostatic sensors and has obtained transition data.
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TABLE I.- PRELIMINARY ANGLE-OF-ATTACK CONE FLIGHT TRANSITION DATA

Azimuth Boundary
%, ¥ angle, layer M, % s M R Re o ®rLoCAL’
m deg deg (a) deg € €,X €, deg
Acoustic sensors
2.2354 0 101 T 20.83 22,78 3.67 4.0900 x 102 171..9 30,78
0 101 T 21.28 15.35 k. 999 1.5050 x 106 366.0 23.35
0 101 TR 2l.ke 3.29 9.829 6.5900 x 100 935.0 11.29
0 101 TR 21.52 6.13 8.146 6.3300 x 106 869.3 .13
0 101 I 21.08 4.03 9.291 3.4900 x 106 668.9 12.03
-13.0 101 T 20.82 20.7 k.07 L, 7200 x 102 190.0 28,2
117.9 101 T 21,47 12.3 18.8 1.1200 x 107 1920.0 2.2
-35.5 101 T 21.5 13.9 6.11 3.6600 x 106 618.0 19.3
k.2166 0 110 T 21.29 15.97 L., 86k 2.7700 x 106 hoo.1 23.97
0 110 TR 20.83 22.76 3.67h 7.8000 x 102 236.4 30.76
0 110 TR 21.09 3.8k 9.kt 5.9400 x 106 875.0 11.8k
62.7 110 T 20.78 19.25 7.0k4 1.6000 x 106 450.0 16.83
-27.25 110 T 20.81 19.49 h.61 1.0900 x 106 305.0 25.%2
43,7 290 T 20.98 16,84 5.86 2.2700 x 106 485.0 20.17
58.6 290 T 21.01 19.72 6.52 2.8200 x 106 577.0 18.28
-3k, 290 T 21.17 17.18 5.33 2.6200 x 108 500, 0 22.13
-L43.9 290 T 21.16 18.43 5.59 2.8000 x 106 532.0 21.29
Electrostatic sensors
0.8215 0 0 L 20.40 11.63 5.92 0.2095 x 106 148 19.63
1.206k 0 0 L 20.40 11.63 5.93 .3070 x 105 178 19.63
2.2354 0 0 L 20.40 11.63 5.93 LSTHT x 106 okl 19.63
2.27354 0 0 L 20.57 27.0 3.13 1.0910 x 10 8k.8 35.0
0.8315 0 0 o 21.76 3.9 9.h2 2.6970 x 106 601 11.9
1.206k 0 0 L 21.76 3.9 9.4k 3.9530 x 106 72k 11.9
2.2354 0 0 L 21.76 3.9 9.45 T7.4000 x 106 991 11.9
0.8315 0 0 I 22.00 2.9 10.15 4.1610 x 106 763 10.9
1.206k4 o] 0 I 22,00 2.9 10.16 6.0990 x 106 919 10.9
2.2354 0 0 T 22,00 2.9 10.18 11.4200 x 106 1247 i0.
0.8315 0 0 I 22.20 9.63 6.66 2.6630 x 106 shi 17.63
1.2064 0 0 T 22.20 9.63 6.66 3.9020 x 106 656 17.63
0.8315 0 180 L 23.70 13.81 5,31 1.3290 x 10¥ 35.6 21.81
3.5308 0 180 L 23,70 13.81 5.36 5.8870 x 10+ .9 21.81
L, 2166 0 180 L 23,70 13.81 5.37 7.0450 x 104 81.8 21.81
EBoundary-layer type:
L laminar
T turbulent
TR transition
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TABLE I.- PRELIMINARY ANGLE-OF-ATTACK CONE FLIGHT TRANSITION DATA -~ Concluded

« v Azimuth Boundary @ o
1 (o3 M, R R ’
x d_ég agi.e, a(tzir M, deg o e,X e,8 Irgg-gL
Electrostatic sensors
-1
0.8315 0 180 L 22.6 6.82 7.66 1.3220 x 109 127 14,82
1.7020 0 180 L 22,6 6.82 7.70 2.7760 x 109 182,0 14.82
3.5308 o} 180 L 22.6 6.82 7. 73 5.8460 x 102 263 14.82
4,2166 0 180 L 22,6 6.82 T T4 6.9970 x 107 288 14.82
0.8315 0 180 L 22.61 6.78 7.68 2.2110 x 102 162 1k, 78
3.5308 0 180 L 22,61 6.78 7.73 9.74h0 x 107 338 14,78
4, 2166 0 180 L 22,61 6.78 an 11.6650 x 107 372 .78
0.8315 0 180 L 22,64 6.05 8.10 8.91%0 x 102 333 14.05
1. 7020 0 180 L 22,64 6.05 8.13 1.8630 x 100 478 14,05
3.5308 o] 180 L 22,64 6.05 8.1k 3.907h x 100 685 14.05
4.2166 0 180 L 22.64 6.05 8.15 4. 67h0 x 100 753 14.05
0.8315 0 180 L 22,64 k.16 9.22 1.6980 x 106 75 12.16
1.7020 0 180 L 22,64 k.16 9.24 3.5480 x 106 683 12.16
3.5308 o} 180 L 22,64 4,16 9.26 7.14ho x 106 983 12,16
4.2166 0 180 L 22,64 k.16 9.26 8.9080 x 100 1073 12.16
0.8315 o 180 L 21.65 8.98 6.87 1.3550 x 100 390 16.98
0.8315 0 180 L 22,62 2.57 10.38 3.6410 x 100 T4 10.57
1.7020 0 180 L 22,62 2.57 10.40 7.6080 x 106 1027 10.57
3.5308 0 180 T 22.62 2.57 10.42 15.9530 x 102 1481 10.57
4 ,2166 o] 180 T 22.62 2.57 10.43 19.0890 x 106 1617 10.57
0.8315 o} 180 L 22.10 5.25 8.6k 3.7050 x 100 689 13.25
1.7020 0 180 T 22,10 5.25 8.66 7.7290 x 10° 990 13.25
3.5308 o] 180 T 22,10 5.25 8.67 16,1940 x 106 1423 13.25
4, 2166 o} 180 T 22,10 5.25 8.67 19.3700 X 106 1570 13.25
4, 2166 o} 150 L 20,41 12.88 5.59 1.0460 x 106 319 20.88
0 150 L 20.90 k.08 9.26 5.7050 X 108 859 12.08
o} 150 T 21.43 7.99 7.28 5.8690 x 1P 819 15.99
0 150 T 21.88 274 10.30 18.7650 x 106 1595 10. 74
@Boundary-layer type:
L laminar
T turbulent
™ transition
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APPENDIX B
MEASURED BOUNDARY-LAYER EDGE PRCPERTIES ON STRAIGHT-WING
AND DELTA-WING CONFIGURATTIONS
By George C. Ashby, Jr.
NASA Tangley Research Center
Hampton, Virginia

Pitot pressure surveys and surface pressure measurements have been obtained at four stations along
the center line of the North American Rockwell straight-wing orbiter (15OB) at Mach 20.3 in helium and

angles of attack from 20° to 580. Similar measurements were made on a Martin Marietta delta-wing

orbiter at Mach 6.8 in air and an angle of attack of 200.
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APPENDTX B - Continued
BOUNDARY-LAYER EDGE MACH NUMBER STUDY
(Figure 13)
Figure 13 shows a model, its shock system, the single-tube traverse probe, the survey stations,
and the orifice locations. A calculated boundary-layer thickness was used as a gulde in locating the
boundary-layer edge. The calculated boundary-layer edge was in good agreement with the apparent

boundary-layer edge obtained from the profiles.
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BOUNDARY-LAYER EDGE MACH NUMBER STUDY
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Figure 13
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APPENDTX B - Continued
BOUNDARY~-TLAYER EDGE MACH NUMEBER
North American Rockwell Straight-Wing Orbiter
(Figure 1k4)

The boundary-layer edge Mach numbers determined from the measured pressures are compared with those
estimated by various methods in figure 14. The data show that for orifice locations rearward of the
most forward survey station (approximately 11 nose radii), the Mach number at the edge of the boundary
layer agrees closely with the tangent-cone estimate up to shock detachment. Beyond shock detachment,
the boundary-layer edge Mach number on the forward portion of the configuration agrees with the estimate
assuming Newtonlan surface pressure and normal-shock entropy. As the flow moves rearward on the body,
the high entropy is progressively absorbed in the boundary layer and the Mach number approaches obligue-
shock values. A lower bound of obligue-shock entropy obtained by assuming that the shock is parallel

to the body surface is shown for comparison.
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MACH NO. AT EDGE OF BOUNDARY LAYER, Mg

BOUNDARY-LAYER EDGE MACH NUMBER
NORTH AMER ICAN ROCKWELL STRAIGHT-WING ORBITER
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APPENDIX B ~ Concluded
BOUNDARY-LAYER EDGE MACH NUMBER
Martin Marietta Delta-Wing Orbiter
(Figure 15)
The data for the delta-wing orbiter at Mach 6.8 in air was obtained at only 20° angle of attack.
However, as shown in figure 15, the Mach number at the edge of the boundary layer also agrees with the

tangent-ccne estimate.
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MACH NO. AT EDGE OF BOUNDARY LAYER, Mg

BOUNDARY-LAYER EDGE MACH NUMBER
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A NUMERICAT, PROCEDURE TO CAICULATE THE INVISCID FLOW FIELD
ABOUT A SPACE SHUPTLE ORBITER TRAVELING AT
A SUPERSONIC /HYPERSONIC VELOCTTY

By B. Grossman, F. Marconi, Jr., and G. Moretti®
Griurmen Aerospace Corporation, Bethpage, New York

SUMMARY

We have developed a technique for computing the complete inviscid, three-dimensional flow field
about a vehicle flying at supersonic speed at an angle of attack. The flow field in the vicinity of
the stagnation point at the nose of the body is determined using a three-dimensional, time-dependent
blunt body program. The asymptotic steady-state values of this flow field are then used asg starting
conditions for a supersonic, steady-state numerical calculation. This computation utilizes a three-
dimensional, finite-difference "marching" technique which determined the flow field downstream of the
nose of the vehicle where the flow 1s supersonic. Within the physical model of an inviscid, perfect
gas, the complete coupled calculation provides an approximation which uniformly converges to the exact
solution and does not rely on artificial damping or on any other arbitrary numerical feature. The bow
shock wave is computed as a discontinuity obeying the Rankine-Hugoniot relgtions. Special provisions
are made for computing the flow fleld in the entropy layer. The accuracy of the technique is confirmed
by comparison of the results of the numerical calculation to avallable test data on several simple

three-dimensional geometries such as sharp elliptic cones, and blunted cones at angle of attack.



6G1

We have found the agreement with experimental results to be excellent. Applications of the program
are made for a typlcal shuttle orbiter delta lifting body configuration at angle of attack. The
numerical flow field results yleld important design information such as the pressure distribution on
the vehicle gsurface, effectiveness of control surfaces and the determination of boundary-layer edge

properties.

*Professor, Polytechnic Institute of Brooklyn, Farmingdale, N.Y.;
Grumman Aerospace Consultant.
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INTRODUCTION

It is well known that the design of a thermal protection system on a shuttle orbiter
requires a detailed knowledge of the pressure and heat transfer distribution on the vehicle
surface throughout its entire range of flight. Presently, this information is obtained from
experimental data. Unfortunately, these experiments are extremely costly, time consuming
and cannot be run over the full range of Reynolds number, Mach number and stagnation enthalpy.

On the other hand, an efficient, accurate numerical evaluation of the flow field is far
from being avallable. Aside from the problems related to viscous and real gas effects,
difficulties arise because of the size of the vehilcle and its complicated geometry. Such
difficulties are better analyzed by assuming a simplified model of the gas, that is, perfect
and invisclid. We believe that a computational program which determines the inviscid flow
around a shuttle orbiter is urgently needed as the first step towards a more sophisticated
computation which will describe the viscous flow behavior. In addition, the results of the
inviseid computation can be used as a background for a preliminary study of viscous effects
using the classical boundary layer approach.

We have, thus, decided to provide a computational technique for inviscid flow to
satisfy the following requirements:

(1) the accuracy 1is controlled and can be estimated a priori, in order to provide the

designer with reliable data;

(11) +the computer running time is reduced to a minimum, and in any event, within the
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order of minutes, so that runs are inexpensive and many runs can be made
in the design phase of a project;
(iii) realistic geometries can be computed with a minimal of input to the program

and without changing the basic computational routines.
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APPROACH TO THE INVISCID PROBLEM
(Figure 1)

Shown in the figure is a sketch of a typical shuttle orbiter configuration at a moderate
angle of attack with its enveloping bow shock wave. The flow field in the vicinity of the
nose (Region I) is characterized by a Mach number which varies from subsonic to supersonic.
Because the mathematical nature of the governing inviscid equations is mixed (elliptic/
hyperbolic), the most effective method of solution consists of solving the unsteady equations of
motion and computing until a steady state is reached. This approach is well known and is
termed the Time-Dependent Blunt Body solution.

In contrast the flow field downstream of the nose (Region II) is entirely supersonic.
The solution of the equations here is more simply obtained from the steady flow equations
provided the flow remalns supersonic. We might note here that at higher angles of attack
(on the order of HOO or more) the subsonic region on the windward face of the body will
cover the entire bottom of the vehicle and the solution over the complete body must be computed

as a time dependent blunt body problem. We will now discuss the techniques used in Regions I

and II in greater detail.
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TIME-DEPENDENT BLUNT BODY PROBILEM
(Figure 2)

The basic philosophy of this computation follows the technique developed by Moretti in 1966
(ref. 1) for the two—dimensional or axisymmetric blunt body problem, This approach is characterized
by its high levels of accuracy and efficiency. We have illustrated here a modification of this
program which handles arbitrary three-dimensional nose shapes at angle of attack. The shock
shape over a typical shuttle nose shape at M = 10 and o = 20° is shown here for a plane of
symmetry and a cross-sectional view. An important feature of this computation is the wind axis
oriented spherical coordinate system which allows us to perform the calculation in the smallest
possible region and which automatically adjusts this region for varylng angles of attack. The
bow shock wave 1s treated as a discontinuity which has been shown to be necessary for an accurate
and efficient computation. For example, a steady state is reached for a typical three-
dimensional calculation in approximately 600-800 time steps using 8 points in the radial
direction (between the shock and the body),9 points in the © direction and 6 points in the ¢

direction. This computer run takes approximately 6-8 minutes on the CDC 6600.
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TIME-DEPENDENT BLUNT BODY COMPUTATION

SIDE VIEW

INITIAL CROSS SECTION FOR

WINDWARD AXIS SPHERICAL COORDINATES SUPERSONIC FLOW COMPUTATION
:
SHOCK
COMPUTATIONAL ¢ T _______
PLANE
BODY (3

Figure 2
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SUPFRSONIC STEADY FLOW SOLUTION
(Figure 3)

We feel that the most effective way of performing the computation downstream of the
nose of the vehicle where the flow 1s supersonic in the axial direction is to use a three-
dimensional finite-difference "marching" technique. This method is characterized by its
overall simplicity in coding and debugging. Accuracy is maintained by using a second-
order non-dissipative finite-difference scheme and by treating all shock waves as dis-
continuities satisfying the Rankine-Hugoniot relations. This treatment of shock waves and the
use of optimal mesh point locations between the bow shock and the body, which are coordinate
surfaces, provide for a highly efficient calculation. We have developed techniques for easily
handling complicated three-dimensional shuttle orbiter geometries. Definitely, our techniques
are not restricted to simple body shapes. Also special considerations in the vicinity of the
entropy layer allow us to perform the computation in this region accurately and with stability

without resorting to any artificial damping method.
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SUPERSONIC STEADY FLOW SOLUTION

FEATURES

@®3D FINITE-DIFFERENCE “MARCHING” TECHNIQUE
@®SHOCK WAVES TREATED AS DISCONTINUITIES
©SHOCK AND BODY COORDINATE SURFACES
@®ARBITRARY 3D GEOMETRY

@ENTROPY LAYER HANDLING

Figure 3

ADVANTAGES

@ SIMPLICITY

©EFFICIENCY

® OPTIMAL MESH POINT LOCATION
@®PROBLEMS OF INTEREST

@ACCURACY
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GEOMETRIC CONSIDERATTIONS
(Figure 4)

The type of realistic three-dimensional space shuttle geometries which our technique can
handle is illustrated in the figure. The computational mesh automatically conforms to the
specific geometry. A method has been developed to perform the task in a simple manner,
analytically. The advantages are:

1) Guess work is eliminated;

2) 1Inaccurate interpolations are eliminated, since the mesh adjusts itself to the shape
of the body as one proceeds stepwise along the body axis (therefore, the code remains
the same in the computational plane but the coefficients in the equations change,
without introducing additional truncation errors);

3) Mesh points are automatically concentrated in regions of steeper flow gradients
(such as around the chines of the relatively flat bottomed vehicle and around wing

tips and fins and therefore, the number of mesh points can be reduced to a minimum).
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ELLIPTICAL CONES
(Figure 5)

As a first test case for our supersonic flow program we computed the flow field about
several sharp nosed elliptical cones at zero angle of attack. The pressure coefficients on
the surface of the cones is compared with the data of Jorgensen (ref. 2) and Chapkis (ref. 3), and
the agreement is quite good. An interesting feature of this computation 1s the non-linear
spacing of the mesh points concentrating them about the major axis of the elliptical cross
section where the largest gradients in the flow field exist. Typical computer running
times for these calculations are approximately 4 minutes using 25 points between the shock

and the body and 20 points around the cilrcumference of the body.
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SURFACE PRESSURE DISTRIBUTION ON ELLIPTIC CONES
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BLUNT CONE AT ZERO ANGLE OF ATTACK

(Figure 6)

Next, we tested the coupled blunt-body/supersonic flow program by computing the flow
field about a blunt circular cone at zero angle of attack. The pressure coefficlent on the
body surface is plotted as a function of the axial distance along the centerline of the cone.
These results are seen to compare excellently with the experimental data of Cleary (ref. 4).
We also indicate a plot of the computed shock shape, sonic line and constant entropy lines.
These constant entropy lines, which in this case are streamlines, clearly show the well-known
entropy layer effect (a layer where the entropy varies very rapidly from the high normal shock
value at the body surface to a very low oblique shock value in an extremely small radial
distance away from the surface). This entropy layer requires special handling in order
to avoid numerical instabilities and inaccuracies. Our approach to this problem is

discussed next.



gLt

COMPUTED FLOW FIELD ON A BLUNT CONE AT M = 10.6
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ENTROPY LAYER STUDY
(Figure 7)

Qur approach to handling the entropy layer consists of using a radial stretching which
concentrates mesh points in the region of steep entropy gradient. The stretching illustrated
here automatically concentrates mesh points near the body surface and the degree of stretching
is altered by varying a parameter which can be a function of the axial distance. The effect
of this stretching is also illustrated here. The entropy distribution corresponding to the
unstretched radial coordinate becomes unstable whereas the stretched coordinate solution yields
a stable entropy distribution. The particular stretching used here concentrated about twice

as many mesh points in the entropy layer than the unstretched case.
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ENTROPY LAYER STUDY
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BLUNT CONE AT ANGLE OF ATTACK

(Figures 8 and 9)

Next we performed a computation on a blunt cone at angle of attack in order to test our
three dimensional coupled blunt body/supersonic flow computation. The pressure distribution
on a blunt 150 cone at M = 10 and o = lOO 1s plotted as a function of the axilial coordinate on
both the windward and leeward surfaces. These results are compared to the experimental data
of J.W. Cleary, 1965 and the agreement is seen to be excellent for both the solution in the
blunt body region and the supersonic flow region downstreamof the nose. We also indicate a
plot of the computed shock shape, sonic lines and constant entropy lines on the windward
face. The supersonic flow portion of this computation took about 7.5 min to calculate 20
nose radii downstream using 25 mesh points between the shock and the body and 20 mesh

points around the circumference of the body (from O-1800).
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COMPUTED SURFACE PRESSURE DISTRIBUTION
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COMPUTED SHOCK SHAPE, LINES OF CONSTANT ENTROPY AND SONIC LINES
FOR BLUNT CONE AT M = 10.6 AND a = 10°
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Figure 9
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SHUTTLE ORBITER CALCULATION AT ANGLE OF ATTACK
(Figure 10)

OQur next step in the development of this technique consisted of performing a computation
about the fore portion of a typlical space shuttle orbiter to indicate our capability of
handling fully three-dimensional geometries. TIllustrated here are the computed shock shape,
sonic lines and constant entropy lines in the plane of symmetry of the vehicle at M = 10
and o = 20°. The geometry chosen has a relatively smooth shape to avoid problems with
imbedded shock waves at this time. We have illustrataed the lines of constant entropy since
these would be necesgsary in order to determine the properties at the outer edge of the boundary

layer. More information on this flow field is discussed in the next plot.
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PRESSURE DISTRIBUTION AROUND A SHUTTLE ORBITER
(Figure 11)

Here is a plot of the pressure distribution on several cross-sections of the vehicle
surface. The value of the surface pressure is shown measured in a direction normal to
the cross-section. We see the large high pressure region on the windward surface of the
vehicle and the rapid expansion to the leeward surface. The compression on the leeward
surface due to the canopy can also be noted. Downstream of the nose, the expansion on
the leeward surface causes the cross flow to become supersonic and since the cross flow
velocity must vanish at the plane of symmetry, an imbedded shock wave will form. We
feel that in order to retain the accuracy and efficiency of this computation this
Imbedded shock wave must be treated as a discontinuity and not smeared over several mesh
points using artificial viscosity. The techniques to handle imbedded shocks in this
manner have been developed in conjunction with our work on time-dependent transonic flows
and will be implemented into this program in the near future. Once this imbedded shock
computation has been implemented, we can go on to a calculation of a shuttle vehicle with

protruding wings and fins.
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SHOCK INTERFERENCE HEATING AND DENSITY-RATIO EFFECTS
PART I ~ FLOW FIELD VISUALIZATTON, THERMOCOUPLE
MEASUREMENTS, AND ANALYSTIS

By H. Lee Seegmiller
NASA Ames Research Center
Moffett Field, California

JTWTRODUCTION

Shock interference heating effects are an area of concern in the technology of the space shuttle.
These interference effects are in general not well understood and are obgerved for a wide range of condi-
tions and configurations. During launch, interference heating will occur at various locations on both
orbiter and booster. Interference flow has been observed on the deflected tip rudder of a delta con-
figuration and can be expected to occur if a ventral fin is required for lateral-directional stability.
Configurations which have canard surfaces or wings of low sweep, such as the straight-wing orbiter pro-
posed by Manned Spacecraft Center (MSC), encounter wing-fuselage shock interference effects. Some initial
results of an investigation of this problem were presented in reference 1. More recently, measurements
and analysis have been undertaken to provide an increased understanding of the shock-interference

phenomena; the results will be presented in this paper.
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ORBITER SHOCK LAYER FLOW
(Slide 1)
The incandescent shock layer flow about a model of the MSC orbiter is shown in this photograph.
Evidence of shock interference effects may be seen at the juncture of the fuselage and wing shock
layers. The attitude shown here is 60° which corresponds to a nominal low-cross-range entry for

this wvehicle.
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SHADOWGRAPH OF ORBITER
(Slide 2)
The intersecting fuselage-wing shock waves are shown in this shadowgraph. At this attitude
of 500 the inboard wing flow which has passed through the fuselage shock is still supersonic
although some deceleration and turning have occurred. Both the transmitted fuselage shock and an

inward interference shock may be seen at the intersection point.
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WINDWARD SURFACE FLOW VISUALIZATION
(o = 40°)

(s1lide 3)
Two interference regions are shown in this surface flow visualization photograph. The
innermost or root region arises from conflict between the fuselage and wing flow at the wing
root., Although significant local heating effects have been found in this region, it is believed
that proper filleting of the wing-fuselage juncture could reduce this heating. The outer or shock
interference region is composed of three structures; two similar shock-boundary-layer interactions
and a shear region impingement. The sketches in slide 4 will assist in the explanation of

these features.



161

WINDWARD SURFACE FLOW VISUALIZATION
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PROPOSED FLOW MODEL
(Slide k)

A tracing of the flow visualization photograph is used to provide a proposed interpretation of
the essential features of the shock interference region. Lines of separation and attachment are
found for each of the two impinging shocks. It must be noted that the impinging shocks are oblique
to the wing flow streamlines., The streamlines in the separated flow region are also coblique to the
lines of separation and attachment. The increasing width of the separation region which occurs as
the flow approaches the trailing edge results from the increasing boundary-layer thickness. The
influence of the shear region impingement is seen in the convergence of the streamlines outboard of
the impinging fuselage shock. The effect of this shear region flow impingement was found to be
small from tests of a phase-change paint model.

Wing-fuselage shock interference effects may be conveniently considered as a two~part phenomenon.
At the leading edge, heating results from flow which has been processed by passage through multiple
shocks and stagnated at some location on the forward surface. Aft of this stagnation region more

conventional shock—boundary-layer interactions are found although the shocks are obligue to the flow.
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PROPOSED FLOW MODEL
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SPANWISE HEATING DISTRIBUTION
(slide 5)

The graph of heat transfer to the wing at this L0° angle of attack shows the peaks associated with
the impingement of the fuselage and interference shocks. The locations of the lines of attachment and
separation which were obtained from the flow visualization photographs are seen to correspond quite well
with the heating distribution. All heating rates shown in this paper are made dimensionless by taking

1

the ratio of the measured value to the stagnation value for a sphere having a radius equal to IES of the

length of the model.
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SPANWISE HEATING DISTRIBUTION
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WINDWARD SURFACE FLOW VISUALIZATION
(a = 60°)
(s1lide 6)
The wing surface flow patterns at this higher angle of attack show that the fuselage and inter-

ference shocks are no longer sufficiently strong to cause the shock—boundary-layer interaction which
was noted at o = 40°. The effect of the interference in the stagnation flow may be noted, however, in
the distortion of the wing stagnation line near the 40% span position. A root interference region may
also be seen at the leading edge near the fuselage. A graph of the stagnation line position and a sketch

of the stagnation line flow are shown in slide 7.
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WINDWARD SURFACE FLOW VISUALIZATION
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WING STAGNATTION LINE POSITION
(slide T)

In the fuselage-shock-dominated flow between 10% and 30% span,the wing stagnation line position
is relatively constant at about 7% of chord from the leading edge. The most forward location of
the stagnation line occurs at about the 40% span location. Outboard of this position the stagnation
line moves aft as the influence of the wing shock predominates. Using the results of other flow
visualization photographs, a plot of the stagnation line position at the T0% span location (i.e., in
the essentially interference-free region) was obtained for angles of attack from 18° to 80°. The
measured stagnation position in the interference region is considered to correspond to an "equivalent"
local angle of attack, that is, an angle resulting from the flow passing through the interference

zaock system. An increase in stagnation heating can be expected in regions of reduced local «

~z2ause of the increased velocity gradients associated with the decreasing leading-edge radius.
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WING STAGNATION LINE POSITION
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COMPARISON OF PREDICTED AND MEASURED INTERFERENCE HEATING
(slide 8)
A predicted heating distribution obtained from the local angles of attack and the pressures
associated with the required turning angles for a single shock is compared with the measured values.

The local a theory predicts the level of heating in the inner or fuselage-shock-dominated flow and

shows the trend in the outer or shock interference region quite well. The level is expected to be

somewhat low, as seen, because of the single-shock assumption. Multiple-shock theory would of course

require knowledge of the actual shock angles. It is interesting to note that at this high angle of

attack (600) maximum heating occurs in the root interference region.
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SPANWISE HEATING DISTRIBUTIONS
(slide 9)

The major shock interference heating effects at 60° angle of attack occur on the wing between
about 25% and 55% span and forward of the 30% chord location. It is noteworthy that this is only
about 10% of the wing lower surface area. Significant root interaction heating is also found forward
of the 40% chord location on the inner 10% of the span (an additional 5% of the wing area). It is

believed, however, that careful filleting could reduce these root heating effects.
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EFFECT OF ANGLE OF ATTACK ON WING HEATING
(Slide 10)
The magnitude of the shock interference heating decreases significantly with increasing angle of

attack. Root heating effects, however, are relatively insensitive to attitude and exceed the shock

interference values at angles of attack greater than 550,
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COMPARISON OF PREDICTED AND MEASURED HEATING RATES
{(slide 11)

Excellent agreement is obtained in this comparison of measured and theoretical chordwise

heating distributions. At this outboard location of T0% span,the wing flow is essentially free of

the influence of the fuselage. The peak in the theoretical distribution near the leading edge

results from the method used in obtaining the velocity gradients used in the theory. The existence

of this peak is as yet unconfirmed by measurement.
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SPANWISE HEATING DISTRIBUTION
(Slide 12)
The two interference heating peaks found at o = 40° are also present here. The inner

interference region heating is quite uniform and root interference heating effects are not seen.
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SPANWISE HEATING DISTRIBUTION
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COMPARISON OF PREDICTED AND MEASURED INTERFERENCE HEATING
(s1ide 13)
At this large angle of attack,shock interference heating effects are still present. The
distribution of the interference heating is predicted quite well with the local o theory
although the level,as expected,is somewhat low because of the reduced pressures associated with the

single-shock assumption. Wing-root interference heating is approximately 25% greater than the peak

shock interference wvalue.
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EFFECT OF ANGLE OF ATTACK ON PEAK WING TEMPERATURES
(slide 1k)

The effects of shock interference heating on the wing radiation equilibrium temperature are shown
for angles of attack from 20° to 70°. These measurements, which were obtained at two widely different
test condltions, represent repeated tests at yaw angles up to 3°. The model was yawed in order to sweep
the interference region over the array of thermocouples and increase the probabillty of obtalning the
peak heating value. Little difference is seen in the pesk interference temperatures obtained at the two
test conditions. The increase in temperature caused by the shock interference is roughly constant at
about 250° K (L4500 F) over the o range except at o = T0° where the increase is about 150° K (270° F).
At the highest angles of attack peak temperatures occur in the root interference region next to the

fuselage.
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CONCLUSIONS

Wing-fuselage shock interference heating effects have been observed on a model with a wing of
low sweep at angles of attack from 20° to TOO.

At small angles of attack both stagnation-region interference effects and shock—boundary-layer
interaction effects are observed.

Only the stagnation-region interference effects are found at large angles of attack.
Stagnation-region interference effects are well predicted with a local o theory, provided

the stagnation streamline is known.

Significant wing-root interference effects are observed. At large o root interference
heating exceeds the fuselage-wing shock interference values.

Peak interference temperatures were found to be similar in tests conducted at M = 7.4, Rez==l.lO><lO6

and at M= 15, Re; = 0.0%x L0P.
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SHOCK INTERFERENCE HEATING AND DENSITY~RATTO EFFECTS
PART II - HYPERSONIC DENSITY~RATTIO EFFECTS

By James L. Hunt and Theodore R. Creel, Jr.
NASA Langley Research Center, Hampton, Virginia

TNTRODUCTION
For hypersonic flow conditions, the inviscid aerodynamic characteristics of bodies at high angle

of attack are determined primarily by the shock-density ratio. In flight, large density ratios across
the shock result from chemical dissociation of the molecules in the high-temperature gas behind the
shock and serve as an indicator of the amount of real-gas effects present. For ground tests at hyper-
sonic Mach numbers where no dissociation occurs, the density ratio across a shock is determined by the
specific-heat ratio 7y of the gas (the lower v, the higher the density ratio); thus, ground test data
obtained at hypersonic Mach numbers at various values of ¥ can be used to simulate the trends of equi-
librium real-gas effects expected In flight. The shock shape, the surface oil-flow patterns, the loca-
tion of the body-shock-—wing-shock intersection and, thus, the distribution of the resulting interfer-
ence heating patterns on a low-cross-range shuttle configuration are investigated in this paper by
obtaining data in several Ffacilities at 7y = 1.67, 1.4, and 1.12 with normal-shock density ratios

of 3.9, 5.6 to 5.9, and 12, respectively.
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DENSTIY RATTIO ACROSS WNORMAL SHOCK ATONG SHUTTLE TRAJECTORIES
(Figure 1)

Eguilibrium normal-shock density ratios encountered along two shuttle orbilter trajectories are
given in figure 1. The normal-ghock density ratio at peak heating is approximastely 18 on the low-cross-
range orbiter trajectory (o = 60°); it is nearer 17 for the high-cross-range orbiter (a = 22°). Since,
in the earth's atmosphere, a density ratio greater than 6 indicates molecular dissociation, the
potential for real-gas effects along both these trajectories 1s large.

Flow visualization, oil flow, and phase-change heat-transfer data were obtalned on a truncated M3C
(Menned Spacecraft Center) straight-wing orbiter at angles of attack of 40°, 52°, and 60° in helium
(pg/bl ~ 5.9) and nitrogen (pg/pl ~ 5.9) for a Mach number of 20 and in air (pg/pl ~ 5.7) for a Mach
number of 8; thus, both % and Mach number were isolated as variables. Also, flow visualization photo-
graphs and oil-flow patterns were obtained on the truncated orbiter in CFy (tetrafluoromethane) at a
Mach number of 6 (pg/bl = 12). Although, the normal-shock density ratios in the flows in which most
tests were performed (pe/bl =~ 3.9, 5.6, and 5.9) are lower than those encountered in flight where real-~
gas effects are prevalent (pg/pl ~ 9 to 18), the trends detected in this investigation in going from a
density ratio of 3.9 to 5.9 along with supplementary data at a density ratio of 12 should help infer

the trends which real-gas effects will take in flight.
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DENSITY RATIO ACROSS NORMAL SHOCK ALONG SHUTTLE
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COMPARTSON OF SHOCK PATTERNS IN ATR AND CF),
(Figure 2)

An example of the influence of density ratio on the inviseild flow field of a truncated MSC
straight-wing orbiter is shown in the schlieren and shadowgraph photographs for a Mach number of 8 in
air and 6 in CF), with density ratios of 5.6 and 12, respectively. The profile views show the body shock
much closer to the fuselage in CF) than in air yet the wing shock bulges out further than the body shock
in air while the wing shock lies inside the body shock in CFA. The photographs taken normal to the wing
span show the body shock impinging the wing much closer inboard to the body in CF), (pg/pl w2 12) than
in air (pg/pl =] 5.6) and the wing shock standoff distance in CF4 to be about 1/4 that in air; thus,

a significant change is indicated in the flow field over the wings.
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COMPARISON OF SHOCK PATTERNS IN AIR AND CFg4
TRUNCATED STRAIGHT WING ORBITER, a=60°
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TRUNCATED MSC ORBITER IN HELIUM AT MACE 20
(Figure 3)

The manner in which the truncated orbiter flow field changes with increasing angle of attack is
shown in the electron beam photographs of figure 3. These photographs were taken in the Tangley 22-inch
helium tunnel (pg/pl = 5.9). They show the body-shock-~wing-shock intersection moving inboard along the
wing span with increasing angle of attack (o = 20° to 40°). However, between 40° and 50° angle of
attack, the flow field gbout the wing has undergone a change similar to that shown in figure 2 between
the flows for density ratios of 12 and 5.6; that is, the wing shock standoff distance has suddenly
increased very greatly. In other words, the flow field in helium (pg/pl = 5.9) at 50° angle of attack
is very similar to that in air (p2 /pl = 5.6) at 60° angle of attack. In figure 2, this flow-field
change occurs when the angle of attack is held constant and the density ratio decreased. In figure 3,

this same type flow-field change occurs when the density ratio is held constant and the angle of attack

increased.
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OTI, FLOW ON TRUNCATED MSC ORBITER AT MACH 20, o = Lo°
(Figure 4)
0il-flow patterns obtained in helium (pg/pl % 5.9) and nitrogen (pE/pl = 5.9) at Mach 20 for an
angle of attack of L40° show the stagnation point near the apex of the orbiter at both density ratios.
The effects of shock interference on the wing are clearly visible. This effect is more sharply defined
at the higher density ratio with the appearance of a two~prong (V*shape) interference pattern. Also,

the wing stagnation streamline is on the leading edge in both density-ratio flows at this angle of

attack.,
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OIL FIOW ON TRUNCATED MSC ORBITER AT MACH 20, q = 52°
(Figure 5)

Similar patterns on the truncated orbiter obtained in helium (pg/pl =~ 5.9) and nitrogen
(pg/pl ~ 5.9) at Mach 20 for an angle of attack of 52° show that the stagnation point in the flow with
the lower density ratio has moved a significant distance farther downstream than at the higher ratio.
On the fuselage, the oil-flow patterns show a greater divergence of the viscid streamlines near the
edges of the body in the lower density-ratio flow. The oil-flow patterns on the wing at the lower
density ratio show a sharp contrast to those at o = 40° (fig. 4). There is no significant evidence
of body-shock-—~wing-shock interference on the wing and the wing stagnation line has moved downstream
of the wing leading edge. At the higher density ratio (5.9), however, the stagnation line is gtill
on the wing leading edge, and shock impingement interference effects are still apparent but are less

severe and further inboard than those for 40° angle of attack.
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OIL FLOW ON TRUNCATED MSC ORBITER AT MACH 20
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OIL FLOW ON COMPLETE AND TRUNCATED WING AT o = 60°
(Figure 6)
0il-flow patterns obtained at 60° angle of attack in air at Mach T.k (pg/pl = 5.5) by

H. Lee Seegmiller on a model of the complete MSC orbiter and in nitrogen at Mach 20 (p2/bl = 5.9) on

a truncated model show no significant effects of bow shock impingement. The stagnation line on the
wing 1s essentially at the same location in both photographs — slightly downstream of the leading edge.
However, the stagnation line on the complete wing does show a bend near the truncation point of the
ghort wing. Thils phenomena is discussed by H. Lee Seegmiller in Part I of this paper. This comparison
of the complete configurations to that for the truncated wing and similar comparisons at smaller angles
of attack indicate no significant effects of the shorter wing on the body-shock——wing-shock impingement

trends.
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OIL FLOW ON TRUNCATED MSC ORBITER IN CF)
(Figure 7)

The shock intersection effects on the truncated wing in CFy, at Mach 6 (density ratio of 12) for
50° angle of attack are similar to those for nitrogen (pg/pl ~ 5.9) at 40° angle of attack (fig. 4),
only slightly more inboard. At an angle of attack of 60o in CFy, the shock intersection effects on the
wing still persist, though more inboard than at o = 50°. At both angles of attack for this high den-
sity ratio, the stagnation point on the fuselage remains very near the apex of the model.

The flow visualization photographs (schlieren, shadowgraph, electron beam, and oil flow) have shown
that a critical angle-of-attack range exists in each gas that 1s associated with a large change 1in the
flow field in which the wing shock standoff distance is greatly increased and the local stagnation
region moves off the wing leading edge toward the central portion of the wing. The angle-of-gttack
range at which this phenomena occurs is relatively independent of stream Mach number but shows a strong
dependence on shock densgity ratio, that is, the larger the density ratio, the larger the angle of attack
at which the flow field changeover occurs. The Immediate figures and subsequent discussion concentrate
on some of the effects of the density-ratio and flow-field change on the heating and aerodynamics of

the MSC orbiter.
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HEAT-TRANSFER-COEFFICTENT CONTOURS AT o = 40°

(Figure 8)

A1l heat-transfer-coefficient contours are presented in terms of the coefficient ratio h/hs

where h 1s the experimental local value and hg 1is the theoretical value for the stagnation point of

a 0.3048-meter-radius sphere scaled by the same scale factor (0.0046) as the truncated-orbiter model.
An example of the dengity-ratio influence on the interference heating from the body-shock—wing-shock
intersection can be seen by comparing the nominal heat-transfer-coefficient contours obtained on the
truncated orbiter in density-ratio flows of 3.9, 5.9, and 5.6 at 40° angle of attack. The heat-transfer-
coefficient distribution along the center line of the fuselage 1s esgentially the same for each test
condition shown here; however, the contours for a density ratio of 5.6 are more pointed on the fuselage
than those for 3.9. Also, there is essentially no difference in the level of heating on the wing
between these three test conditions. The significant difference between the contours obtained in the
different dengity-ratio flows is in the interference effects on the wings. The contours obtained in
helium (Mach 20, pg/pl ~ 5.9) show only a weak bow-shock——wing-shock interference effect. The wing-

root Interference is mainly inboard the wing-body junction. The contours obtained in nitrogen
(pg/pl = 5.9) at approximately the same Reynolds number and Mach number show a much stronger bow-shocKe

wing-shock interference effect. The, wing-root interference is entirely outboard of the wing-body junc-
tion. The contours obtained in sair (Mach 8, pg/pl =~ 5.6) indicate a bow-shock-wing-shock interference

effect similar to that for nitrogen (pg/pl a2 5.9). These results may be influenced somewhat by the dif-

ferences in the ratio of wall temperature to total temperature Tw/Tt§ however, it 1is expected that
this influence is minor.

In helium (pg/pl =~ 5.9) at « = 400 the wing-root interference heating is approximately a factor

of 2 higher than the seemingly undisturbed distribution along the wing chord between the wing-body
Junction and the bow-shock——wing-shock interference effects. The bow-shock—wing-shock interference
heating factor (again compared to the seemingly undisturbed inboard distribution) is approximastely 1.k.
In air (ai the same Reynolds numberz the shock intersection and wing root interference heating effects
are essentially the same magnitude (interference heating factor of 1.9).
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HEAT-TRANSFER COEFFICIENT CONTOURS AT a =40°
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HEAT-TRANSFER-COEFFICTENT CONTOURS AT 60° ANGLE OF ATTACK
(Figure 9)

Heat-transfer-coefficient contours obtained on the truncated orbiter in density-ratio flows of
3.9 and 5.9 at Mach 20 and 5.6 at Mach 8 at 60° angle of attack are presented in figure 9. None of
these contours show the large V-shape patterns which resulted from bow-ghock~-wing-shock interference
effects at lower angles of attack (the critical angle-of-attack range for these density-ratio flows has
been exceeded here). The distribution and level along the fuselage center line are about the same in
each gas. However, the level of heating on the wing is significantly higher (almost a factor of 2) at
the higher density ratios (5.9 and 5.6) than at the lower (3.9). At very high angles of attack, this
trend for increasing level of heating with increasing density ratio could have significant effects for

the higher density ratios expected in flight.
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STAGNATION-POINT TOCATION MEASURED FROM OTIL-FLOW PATTERNS
(Figure 10)

The effect of the density ratio on the flow fleld of the truncated orbiter is very evident in the
flow visualization pictures. The measured position of the stagnation point on the fuselage as a func-
tion of angle of attack is given in figure 10 for the three density-ratio flows of this investigation.
The faired data show a much larger rearward movement of the stagnation point in helium (pg/pl ~ 5.9)
than in nitrogen (pg/pl ~ 5.9) or CFy (pg/pl ~ 12) as the angle of attack increases above 40°, The
faired curves for nitrogen and CF) are essentially parallel with the stagnation point being more rear-

ward in nitrogen for a given angle of attack.
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PITCHING MOMENT OF MSC ORBITER AT MACH 20
(Figure 11)

The rearward movement of the stagnation point on the fuselage and the stagnation line on the wing
and possible similar effects on the horizontal stabilizer with decreasing density ratio is certain to
affect the aerodynamics of the vehicle. Comparison of the measured pitching moments for identical com-
plete MSC orbiter models in density-ratio flows of 3.9 (data obtained by J. P. Arrington in the Langley
22-inch helium tunnel) and 5.9 (data obtained by F. L. Clark in the Langley hypersonic nitrogen tunnel)
at Mach 20 shows significant differences at the higher angles of attack (a,% MOO). The divergence of
the two curves becomes large at approximately the angle-of-attack range where the large change in the
flow field occurs at the lower density ratio. This change is indicated by the rearward shift of the
stagnation point on the fuselage and shift of the local stagnation line from the leading edge toward

the center of the wing.
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HIGH-CROSS-RANGE ORBITER, o = LO°
(Figure 12)
The photographs of figure 12 illustrate some possible shock-dengity-ratlio effects on a high-cross-
range orbiter. The primary bow shock is much closer to the body at the high density ratio. In addi-
tlon the plan view indicates that the tip fins may not be free from shock impingement effects at high

density ratios.
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HIGH CROSS RANGE ORBITER, a=40°

Figure 12
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CONCLUSIONS

The primary conclusiong pertaining to hypersonic shock-density-ratio effects on the MSC straight-
wing orbiter are as follows:

1. Body-shock~-wing-shock intersection moveg inboard along the wing span with increasing angle of
attack until at some critical angle-of-attack range where the flow field changes and the shock impinge-
ment effects do not appear to significantly affect the wing heating patterns, This critical angle-of-
attack range is associated with a large change in the inviscid flow in which the wing shock standoff
distance is greatly increased and the local stagnation region moves from the wing leading edge
toward the central portion of the wing.

2. The angle of attack « at which this phenomena occurs is relatively independent of stream Mach
number but shows a strong dependence on shock density ratio or specific-heat ratio. In helium (density
ratio of 3.9) the changeover occurs between 40° and 50° angle of attack; in air (density ratio of 5.6)
it occurs between 50° and 60°; and in CF), (density ratio of 12) it has not yet occurred at o = 60°.

3, Since most of the present flight heating predictions for 60° angle of attack are based on mea-
sured data in air at o = 600, they may congiderably underxrpredict the rateg that will occur in flight
at the high shock density ratios.

4, Tests on an identical model in helium (density ratio of 3.9) and nitrogen (density ratio of 5.9)
at Mach 20 indicate a significant difference in the pitching-moment curve for high angles of attack

(c > 40°) which is apparently due to the shock density-ratio effects on the flow field.
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5. The trends (conclusions 1 to &) that real-gas effects will take in flight were indicated by a
simulation in which the equilibrium shock-density ratio was varied by testing in various ideal-gas
facilities having different specific-heat ratios. This simulation showed some rather drastic effects,
but there are two important points which must be noted. First, these effects are strongly configuration-
dependent. The straight-wing orbiter with 1ts imbedded shock system is very sensitive to shock-~density-
ratio effects. 8Second, these effects are strongly angle-of-attack dependent. Even on the complex
straight-wing orbiter, almost all of the significant shock-density-ratio effects occurred for angles
of attack in excess of L40°. Therefore, for the present high-cross-range configuration which reenters
at lower angles of attack and is essentially free of imbedded shocks, real-gas shock~density-ratio
effects will be less significant than those shown herein for the straight-wing low-cross-range

orbiter.
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SHOCK INTERFERENCE HEATING ON THE SPACE SHUTTLE BOOSTER DURING ASCENT

By O, Brevig and C. Young
Convair Aerospace Division of General Dynamics, San Diego, California

INTRODUCTION

One area experiencing the most severe aerodynamic heating on the Space Shuttle booster
is unquestionably the upper surface during ascent. This effect is due to shock impinge-
ment on the booster top surface from the orbiter bow shock and resulting shock wave sys-
tem set up by the booster and orbiter bow shocks. The location and magnitude of the
resulting hot spots are functions of orbiter and booster geometry, orbiter position
relative to the booster, Mach number, and angle of attack,

To obtain heat transfer data on the booster during ascent, tests were run on the mated
configuration in the NASA-LRC 18-inch Variable-Density Hypersonic Wind Tunnel, the
NASA-Ames 3, 5-foot Hypersonic Wind Tunnel, and the NASA-LRC Unitary Plan Wind
Tunnel,

Some of the results obtained from these tests are presented in this paper. Both paint
phase-change and thermocouple test results will be discussed. While the paint phase-
change test method is of limited value as far as determining peak heat transfer rates due
to shock interference, carefully conducted thermocouple tests can give a better estimate
of the peak heating values experienced by the models in the interference region.

PAPER 8
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MATED VEHICLE CONFIGURATION

(Figure 1)

Thin-skin, 0, 006-scale stainless steel heat transfer models of the booster and orbiter
were used for tests performed in the NASA~Ames 3. 5-foot Hypersonic Wind Tunnel and
the NASA-LRC Unitary Plan Wind Tunnel. This chart shows the delta-wing booster
with the delta-wing orbiter in the baseline position; to the 0, 006 scale, the orbiter nose
is 1, 34 inches ahead of the booster nose. For paint phase-change heat transfer tests
conducted in the NASA-LRC 18-inch Mach 8 Variable-Density Hypersonic Wind Tunnel,
the booster heat transfer models were constructed by coating RTV-60 silicone rubber
over a stainless steel skeleton; the orbiter was made of stycast, The scale for these
models was 0, 0035 of actual size,
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SEQUENCE OF SHADOWGRAPHS

(Figure 2)

Several shadowgraphs are shown to illustrate some important features about the shock
system impinging upon the booster top surface,

These shadowgraphs were taken at the NASA-Ames 3. 5-foot Hypersonic Wind Tunnel
at a free-stream Mach number of 7.4. For the booster alone it can be seen that the
booster bow shock strikes the upper portion of the canopy.

In case of the mated configuration, three positions of the orbiter are shown, with the
orbiter bow shock impinging ahead of the booster canopy, on the booster canopy, and
behind the booster canopy. Also, the shock pattern set up in the gap region is clearly
visible,
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SEQUENCE OF SHADOWGRAPHS
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SEQUENCE OF SHADOWGRAPHS
(Figure 3)
In this illustration, the shadowgraphs obtained from the heat transfer tests conducted at

the NASA-LRC Unitary Plan Wind Tunnel are shown, For these tests the free-stream
Mach numbers were 3.7 and 2, 5.

For booster alone, the bow shock standoff distance increases with decreasing Mach
number, and the bow shock does not impinge upon the canopy as was the case for Mach 7. 4,

Also shown are typical shock patterns in the gap region between the booster and orbiter
at Mach 3.7 and 2.5 for the orbiter in the baseline position.
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SEQUENCE OF SHADOWGRAPHS
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SEQUENCE OF PAINT PHASE-CHANGE PATTERNS

(Figure 4)

Two sets of photographs obtained from the phase-change tests are shown. The difference

between these two tests is the orbiter position. As the model-wall temperature increases

during the test, the coating changes phase at a selected temperature and becomes trans-

parent, By photographing the model in the test section during the test, heat transfer rates
were obtained from the isothermal melt lines recorded on 35 mm film.

The dark regions on the photographs indicate higher heating than the white. Also, the
earlier a region becomes dark during the test, the higher the heating rate,

In each case, the first picture shows a few sharp dark spots occurring on the booster
top surface at the canopy and behind the canopy region. These are areas of extremely
high heating rates due to shock impingement. It should be pointed out that these spots or
melt lines were also visible on the first frame of film which showed the model in the
tunnel free stream., This is usually defined to be the initial time (t = 0); however, for the
purpose of these tests, this frame was defined to be equal to time, t= 0.1 second to
obtain a finite heat transfer rate.

The second picture in each case shows the paint contours or melt lines after 3. 0 seconds
into the test. Several areas of high heating rates due to shock interference are now clearly
visible,

A relative magnitude of the heating rates on the booster upper surface can be visualized
by comparing the melt lines developing on the booster top surface with those developing on
the bottom surface,

From these pictures, the location of the areas of high heating rates due to shock
impingement is clearly indicated.
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SEQUENCE OF PAINT PHASE-CHANGE PATTERNS
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TYPICAL PAINT PHASE-CHANGE TEST RESULTS
(Figure 5)

To obtain the heat transfer coefficients on the booster from the paint phase~change melt lines,
the governing transient one-dimensional heat conduction equation must be solved with
appropriate initial and boundary conditions. A typical solution to this equation is shown

for silicone rubber and stycast, respectively, assuming a paint phase-change temperature

of 533°K (300°F). The heat transfer coefficient (watts/cm“ sec.) nondimensionalized with the
stagnation heat transfer rate to a 1.15 em (0, 0035 ft. ) radius sphere is plotted versus time,

From the film isothermal melt-lines and the curve for silicone rubber, typical isoheat-
transfer-rate lines on the booster are also shown,

It is quite obvious that from the data shown, the peak heat transfer coefficient due to shock
impingement cannot be determined very accurately by this method due to the errors in-
volved in determining the initial time (t=0) and the fact that the isotherm melt lines were
visible on the very first picture frame. This would indicate an infinite heat transfer coefficient.
However, due to the errors involved, relatively long times (one second) are required for
this particular paint to obtain heat transfer coefficients within 10% accuracy or less,

A paint with higher phase-change temperature would allow a better estimate of the high
heat transfer coefficients associated with shock interference heating. However, our use of
a 644°K (700°F) paint for entry heat transfer tests was not successful due to optical
difficulties with a semiclear yellow paint and black-and-white film.
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HEATING RATE DISTRIBUTION ON BOOSTER TOP
AND BOTTOM CENTERLINE DURING ASCENT

(Figure 6)

From the isoheat-transfer rate contours on the booster obtained from the paint tests,
the heat transfer coefficient distribution on the booster top and bottom surfaces can be
plotted versus the nondimensionalized booster length, as shown,

The relative position of the orbiter to the booster for this particular case is also indi-
cated. The angle of attack was 0°, the Mach number 7,95, and unit Reynolds number 1, 3
x 107/m (3.96 x 106/ft, ), Three hot spots due to shock impingement on the booster top
surface are evident. The booster bow shock impinges on the canopy and the orbiter bow
shock hits the booster top surface behind the canopy at an axial distance of 18% fromthe
booster nose. A second shock is seen to impinge on the booster top surface at an axial distance
of 249,

From this slide it can be seen that the peak heat transfer coefficients on the top surface
center line due to shock interference are at least 6 to 14 times that on the bottom
centerline depending on axial distance. However, as already pointed out, the absolute
magnitude of the peak heat transfer coefficients cannot be estimated accurately.
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HEATING RATE DISTRIBUTION ON BOOSTER TOP
AND BOTTOM CENTERLINE DURING ASCENT

(Figure 7)

This illustration shows the effect of changing angle of attack upon the heat transfer
distribution on the upper surface during ascent,

As compared with the previous illustration, the effect of changing the angle of attack
from 0° to -5° is to change the shock pattern in the gap regions between the orbiter
and booster, Thus, two shocks are apparent behind the orbiter bow shock, The
difference in the peak heat transfer coefficients due to shock impingement cannot be assessed.
However, from thermocouple tests on the booster alone, a 20% increase in the heat
transfer rate on the canopy was noted at -5° angle of attack, and a free-stream Mach
number of 7.4 as compared to 0° angle of attack.
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ASCENT HEATING (BOOSTER ONLY)

(Figure 8)

A correlation between paint phase-change and thermocouple heat transfer rate data is
shown for booster alone at 0° angle of attack. The heat transfer rate distribution on the
top surface is indicated by triangles while the round symbols show the heat transfer
distribution on the lower surface. Paint data is indicated by open symbols, while the
filled symbols show thermocouple data,

Interference heating on the canopy due to the booster bow shock is strongly evident.
Also, the heat transfer coefficients on the lower surface were predicted reasonably well with
laminar tangent cone-Prandtl Meyer expansion theory.

Reasonably good correlation between paint andthermocouple data was obtained when
the thermocouples were corrected for conduction errors. Also, due to the narrow region
of the hot spots on the booster top surface due to shock interference, an extremely
small spacing of the thermocouples is required to measure the true peak heating rates.
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EFFECT OF ORBITER POSITION ON CANOPY HEATING

(Figure 9)

In an effort to determine the effect of the orbiter bow shock impinging upon the booster
canopy, a series of tests was repeated whereby the orbiter bow shock was driven over
the three thermocouples on the booster canopy as indicated.

The local heat transfer rate measured by the thermocouples corrected for conduction
errors and nondimensionalized by the stagnation heating to a one-foot radius sphere to
0,006 scale is plotted versus relative orbiter position, X, nondimensionalized by the
booster length.

As the orbiter moves from left to right as indicated, a rapid increase in the heat
transfer rates is noted when the orbiter shock strikes the booster canopy. The open
symbols are for an angle of attack of 0°. The filled symbols are for an angle of attack
of -5°. As evidenced from the shadowgraphs, the orbiter shock impinges directly on
the thermocouple located in the center of the canopy windshield in this case. Also, a heat
transfer rate about 1. 3 times that of the stagnation heating of a one-foot-radius sphere
(0. 006 scale) was obtained. This is about three times the heat transfer rate measured
on the canopy due to impingement from the booster bow shock alone, and about 20 times
the heating transfer rate on the lower surface at the same station at an angle of attack of 0°.

Due to the orbiter bow shock impinging upon the booster top surface and due to the
reflection of the booster and orbiter bow shocks from the orbiter and booster surfaces,
a multiple shock system will be set up in the gap between the orbiter and booster.
To detect the peak heating rates with thermocouples necessitates a very close spacing.
However, due to the finite spacing required, these peaks may be missed, By careful test-
ing using both paint techniques and shadowgraphs, coupled with the thermocouple method
discussed above, a better estimate of the peak heating rates on the booster top surface
during ascent should be obtained.
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EFFECT OF ORBITER POSITION ON CANOPY HEATING
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EFFECT OF MACH NUMBER ON GAP HEATING

(Figure 10)

Shown here is the effect of free-stream Mach number upon the heat transfer coefficients
measured in the gap between the booster and orbiter for the orbiter in the baseline position.

The heat transfer coefficients for the mated configuration are nondimensionalized, with
the heat transfer coefficients obtained for the booster alone and plotted versus nondimensionalized
booster length.

The angle of attack was 0°; free-stream Mach numbers and free-stream unit Reynolds
numbers were as indicated.

Despite the large spacing between the thermocouples, the free-stream Mach number has
a strong effect upon the gap heating, A closer spacing of the thermocouples, however, will
give a better indication of the true gap heating, since for the present tests the peak heating
rates were missed.
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CONCLUSIONS

Several conclusions can be drawn concerning the interference heating on the booster top
surface during ascent.

1.

Due to the shock pattern set up by the orbiter and booster bow shocks in the gap
region, the booster experiences high localized heating rates due to shock impingement,

Except for the regions of high localized heating rates due to shock impingement, a
reasonable correlation between paint phase-change and thermocouple heat transfer
rate test data was obtained.

In the areas of high localized heating due to shock impingement, the paint phase-~
change test data cannot be used accurately to measure the peak heat transfer rates.
Thermocouples must be used in order to measure these peaks.

Interference heating in the gap region increases with increasing free-stream Mach
number.
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LEE-STDE HEATING INVESTIGATTIONS
PART T — EXPERIMENTAL LEE-STDE HEATING STUDIES ON A DELTA-WING ORBITER

By Jerry N. Hefner and Allen H. Whitehead, Jr.
NASA Langley Research Center, Hampton, Virginia

TWTRODUCTION
This paper presents results from a lee-surface heating investigation at Mach 6 on a delta-wing
orbiter. The heating for this configuration is compared with limited lee-surface heating data on a
straight-wing orbiter. The effects of Reynolds number and angle of attack on the magnitude and distri-

bution of the lee-surface heating are shown as well as a brief discussion of the applicability of these

wind-tunnel results to flight.

PAPER 9-1
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SURFACE FLOW AND HEATTNG ON DELTA-WING ORBITER
(Figures 1 and 2)

Surface flow and heating distributions are shown for angles of attack (a) of 20° and 40° at a
free-stream Mach number (My) of 6 and a free-stream Reynolds number based on model length (RW’L) of
5.2 X 106. The lines of constant heating are given as the ratio of local heat-transfer coefficient (h)
to the stagnation heat-transfer coefficient (href) on a 0.,305-m~ (l—foot-) radius sphere gcaled by the
same factor as the model. The "featherlike" regions shown on the oil-flow photographs indicate the
presence of vortices. The feather indicates a reglon of high shear and, by analogy, of high heating
caused by the impingement of the vortices onto the lee surface.

Note that the vortices occur at both the high and the low angles of attack with the maximum lee-
surface heating occurring on the meridian in the vicinity of the nose. The observation that the maximum
heating induced by the vortices occurs near the nose region suggests that nose shaping and bluntness
play a dominant role in the formation of these vortices. Further evidence of this 1s given by some
unpublished results obtained in the Langley ll-inch hypersonic tunnel by Allen H. Whitehead, Jr., and
Mitchel H, Bertram which show that, on a sharp flat delta wing at relatively low incidence, proper con-
touring of the nose region can eliminate or reduce the unfavorable effects resulting from the vortices.
This result, although not directly applicable to the blunt-nose shuttle confilgurations, does offer hope
that the proper shaping of the shuttle nose can reduce or eliminate the effect of the vortex. Studies
are needed to examine the effect of nose shaping and bluntness on the vortex generation and, conse-

quently, heating on shuttlelike geometries.
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SURFACE FLOW AND HEATING ON DELTA-WING ORBITER
Mo =6, Re, =5.2x10%, a=20° _g

Figure 1
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CENTER-LINE LEE-SURFACE HEATTNG AT ANGLE OF ATTACK
(Figure 3)

Ag indicated in the two previous figures, the maximum lee-surface heating occurs along the center
line or meridian. The magnitude and distribution of this heating is shown as a function of the ratio
of surface distance to the overall model length (XS/L) for angles of attack between 20° and 50°. The

zero-angle-of=attack heating is shown so that a comparison with the angle-of-attack heating can be made,
Note the relatively large regions where the lee-surface meridian heating exceeds that at zero angle of
attack., Again note that the maximum lee-surface heating occurs in the vicinity of the nose.

As the angle of attack increases from 20° to 50°, several heating peaks develop along the lee
meridian. This first peak represents the maximum lee-gurface heating and increases only slightly with
increasing angle of attack. In contrast, the position of the peak heating moves forward significantly
with increasing angle of attack, especlally at angles of attack between 20° and 35°.

Some calculatlons of the radiation equilibrium surface temperatures (Tw) for 20° angle of attack

were made bi assuming an emissivity of 0.8 and a maximm heat-transfer rate (Qmax) of

38,70 x 10+ watt/m2-OK (80 Btu/ft=-sec-CR) for a typical 1500-nautical-mile cross-range trajectory
(ref. 1). The resulting temperatures ranged from 727° K (1309° R) to a peak of 1107° K (1992° R).

The existence of thig extremely severe heating dictates further studies of vortex-induced peak heating
on particular shuttle configurations.

It has been suggested that the lee-gurface or upper surface heating can be calculabted by two-
dimensional laminar or turbulent theory (for present study, Monaghan (ref. 2) or Spalding-Chi (ref. 3),
respectively), assuming an attached flow in the cross-flow plane (ref. 4). This approach predicts
neither the magnitude nor the trend of the experimental results. In fact, since much of the flow on
the lee gurface is separated and vortex-dominated, agreement between data and theory should not be
expected.

Iee~surface heating data obtained for only selected longitudinal stations are of limited benefit
in defining the lee-side flow phenomena, since the lee-meridian heating is nonuniform and since the
maximm heating occurs near the nose. Furthermore, many investigations may have failed to obtain the
maximm lee-surface heating since data, sufficiently close to the nose, were not obtained.
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CENTER-LINE LEE-SURFACE HEATING AT ANGLE OF ATTACK
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Figure 3
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REGIONS OF INCREASED HEATING ON LEE SURFACE
(Figure &)

This figure illustrates the regions on the lee surface of the delta~wing orbiter where the heating
1s greater than that at zero angle of attack. The upper half of the model planform shows the increased
heating regions for a = 40°, whereas the bottom half shows the higher heating regions for a = 20°.
The "fingerlike" projections of these heating areas are attributed to the vortex impingement onto the

lee surface at angle of attack. Note that the peak heating near the nose of the configuration at

o = L0° is confined to a small area.
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EFFECT OF REYNOLDS NUMBER ON CENTER-LINE LEE-SURFACE HEATTING
(Figures 5 and 6)

Reynolds number is a significant parameter since it strongly influences the severity of the lee-
surface heating. For the present tests, increasing Reynolds number increases the peak heating on the
lee~surface meridian in the viecinity of the nose and decreases the heating on the lee meridian over the
aft section of the configuration.

An unqualified interpretation of the Reymolds number influence on the peak heating in the nose
region is not posgsible at this time; however, the Increase in heating could possibly be attributed to
boundary-layer or shear-layer transition prior to vortex impingement. An examination of heat-transfer
data on a delta-wing orbiter at M, =8 and o = 20° (ref. 5) suggests that transition on the windward
surface hag a strong influence on the magnitude of the lee~gurface peak heating. This is a plausible
result since the present oil-flow studies indicate that the flow on the lee surface originated on the
windward surface. The Mach 8 results show that at the lowest Reynolds number, the transition positioh
on the windward surface is downstream of the peak heating location on the lee surface. At the highest
Reynolds number, the transition pogition on the windward surface 1s fixed in the vicinity of the peak
heating location on the lee gurface. The Iatter case would likely produce transitional or turbulent
separation with a resultant higher heating rate at reattachment in the neighborhood of the lee meridian.
While not conclusive, this resgult indicates that transition cculd be responsible for the variation in

peak heating with Reynolds number. Further studies are needed to isolate the gpecific effect of



LLE

EFFECT OF REYNOLDS NUMBER ON CENTER-LINE
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EFFECT OF REYNOLDS NUMBER ON CENTER-LINE LEE-SURFACE HEATTNG — Concluded

Reynolds number on the peek heating on the lee surface since there is no reason to expect that the
strength of the vortex is independent of Reynolds number even when the general state of the boundary
layer remains unchanged.

The magnitude of the lee~surface peak heating is more sensitive to Reynolds number than to angle
of attack, whereas the location of the peak heating is more gsensitive to angle of attack.

01ll-flow studies show separated flow over the aft section of the configuration (heating decreasing
with increasing Reynolds number). Static pressures in this area were found to decrease with increasing
Reynolds number. This behavior is indicative of transitional base flow separation (ref. 6) and helps

to explain the decrease in heating with increasing Reynolds number.
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EFFECT OF REYNOLDS NUMBER ON CENTER-LINE
LEE-SURFACE HEATING
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LEE~SURFACE HEATTNG ON CENTER-LINE OF A DELTA-WING
AND A STRATGHT-WING ORBITER
(Figure 7)
This figure shows the effect of the gross difference in geometry on the magnitude and distribution
of the lee-~gurface heating on the meridian of two shuttle configurations. The maximum heating peaks
on the upper surface of the straight-wing orblter occur at zero angle of attack whereas on the delta-
wing orbiter the maximum heating peaks occur at an angle of 50° for the present test conditions. The
heating on the straight-wing orbiter is affected by canopy-induced shock—boundary-layer interaction

over the forward portion of the fuselage and by transition and the dorsal fin over the aft portion.
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LEE-SURFACE HEATING ON CENTER-LINE OF A DELTA-WING

AND A STRAIGHT-WING ORBITER
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CALCULATED CENTER~-LINE SURFACE TEMPERATURE

FOR TWO SHUTTLE GEOMETRIES

(Figure 8)

The surface temperatures on the stralght-wing orbiter are substantially greater than those on the

delta-wing orbiter at o = 50°, These calculated temperatures are based on a maximum stagnation

hegting obtained for a low cross-range trajectory (ref. 7).

structural limits for titanium.

A1l the temperatures calculated exceed the
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CALCULATED CENTER-LINE SURFACE TEMPERATURES FOR

TWO SHUTTLE GEOMETRIES
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WIND-TUNNEL AND PROJECTED FLIGHT ENVIRONMENTS FOR DELTA~-WING ORBITER
(Figure 9)

In the analysis of lee-surface heating for the shuttle, consideration must be given to the question
of the applicability of the present results to flight conditions. Test conditions for pertinent wind-
tunnel tests (present tests, ref. 5, and unpublished Ames and TLangley tests) on high cross-range orbiters
are shown and compared with a flight envelope for the full-scale orbiter. The lee-surface heating at
Mach 8 displayed characteristics like those indicated from the present study. At Mach T.4% and 20, no
heating data were obtained; however, oil-flow studies Indicated separation and regttachment patterns
(including vortices) quite similar to those observed in the present tests. The conditions for these
wind-tunnel tests encompass a wide variation in both Reynolds number and Mach number and are close to
the projected £light conditions; therefore, vortex impingement on the lee gurface gimilar to that found
in the present tests should be expected in flight. The prediction of the vortex-induced heating peaks
is, however, beyond the present state of the art. It is mandatory, then, that limited lee-gurface
heating data be obtained in wind-tunnel tests at a sufficiently high Mach number and low surface-
temperature ratio with a Reynolds number range representative of the projected fiight environment so
that generality of the heating results can be conclusively determined. It is also particularly impor-
tant to obtain higher Mach number lee-~gurface heating data, since the maximum windward-surface heating

will occur at the higher Mach numbers and the effect of Mach number presently 1s unknown.
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WIND-TUNNEL AND PROJECTED FLIGHT ENVIRONMENTS
FOR DELTA-WING ORBITER
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CONCLUSTIONS

Some of the results of an experimental lee-surface heating investigation on a delta-wing orbiter
are presented with the following conclusions:

1. Vortex impingement on the lee surface causes relatively large areas of the lee surface to have
heating levels greater than that found on the upper surface at zero angle of attack.

2. The magnitude of the peak heating on the lee~gsurface meridian is found to be more sensitive to
Reynolds number than to angle of attack. However, the location of the peak heating is more sensitive
to angle of attack than to Reynolds number.

3¢ Maximum lee~surface healing occurs in the vicinity of the nose. This result, in conjunction
with some basic fluild mechanics studies, suggests that Judicious shaping of the nose region might reduce
the heating caused by the vortex impingement.

i, Tmpingement of vortices on the lee-surface of the delta-wing orbiter can be expected in flight;
however, lee~surface heating data at a substantlally higher Mach number are needed to establish the
heating levels in vortex-influenced regions. Furthermore, experimental studies are required to lsolate
the specific effect of Reynolds number on heating and to examine the effect of nose shaping and blunt-

ness on the vortex generation and, consequently, heating on shuttlelike geometries.
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LEESIDE HEATING INVESTIGATTIONS

Part TI - Leeside Heating Investigations of
Simple Body-Like Configurations

By George Maise
Grummen Aerospace Corporation, Bethpage, New York

SUMMARY

An investigation was conducted to characterize the leeside aerodynamic heating of various
shapes flying hypersonically at an angle of attack. In particular, attention was focussed on the
problem of intense heating resulting from reattachment of leading-edge vortices on the lee side
of the bodies. The present investigation consisted of (1) correlation and comparison of available
leeside heating data and (2) an experimenfal program to clarify some questions related to the
vortical flow phenomenon. In the correlation of available data on circular cones, a strong
Reynolds number dependence has been observed. In the wind tunnel study)the effect of increase
in cross sectional area on vortical heating was examined. Secondly, an attempt was made to
establish the angles of attack at which the flow about elongated bodies becomes two dimensional
in the cross-flow plane, i.e., negligible axial components. To answer these questions, heat

transfer and oil flow models were tested in the Grumman hypersonic wind tunnel.
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INTRODUCTION

It wags pointed out in paper no. 9-I, vol. I of this compilation that leeside heating on lifting
reentry vehicles can be a serious problem. What makes it even more serious is that reliable meth-
ods, either analytical or experimental, are not yet available to evaluate the magnitude of leegide
heating during reentry.

To gain a better understanding of the leeside heating problem, a two-part investigation was
conducted at Grumman. First, an attempt was made to correlate the data already available in the
open literature;and, secondly, a wind tunnel test program was conducted to answer some important

questions about the nature of vortical flow on the lee side of vehicles.

CORRELATION AND COMPARISON OF AVAITABLE DATA

A considerable amount of data on leeside aerodynamic heating is already available in

the open literature. The models that have been tested range from simple bodies such as the

cilrcular cones and delta wings to more complex reentry vehicles. The present discussion will be

limited to circular cones.
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CIRCULAR CONES
(S1lide 1)

The circular cone in itself is probably not a practical shape for the shuttle; however, these
data are worth examining as will be seen below. In attempting to correlate the cone resultsqa
number of different ways to plot the data were tried. The most successful of these is shown in
Slide 1. The heat transfer coefficient on the leeside centerline is normalized by the heat
transfer coefficient at zero angle of attack (°(= OO). The abscissa is basically a relative
incidence parameter, i.e., ratio of « to the cone half angle (Qc). The factor (1 + O.OSQC)
igs an additional weighting factor which accounts for the differences in the cone half angle.
The curves 1in this slide illustrate very graphically what occurs on the lee side as o is
increased. Initially, there is a reduction in the leeside heat transfer coefficient due to
the weaker shock and lower densities on the top surface of the coms. A minimum is reached
when the angle of attack parameter is 1l.2. This corresponds approximately to the condition
where the leeward generator of the cone is aligned with the flow. Beyond this point the
top surface is in the aerodynamic shadow,and Newtonian flow assumptions would predict
negligible heat transfer. 1In reality, however, the heat transfer coefficient increases
significantly at higher angles of attack due to the reattachment of vortical flow.

The data presented in this slide (from Refs. 1-4) cover a free-stream Mach number M,
range of 6 to 10 and a free-stream Reynolds number, based on the distance from the cone

apex, Rew yx range of 2.1 X 105 40 2.2 x 100. The cone half angles are 5, 10 and 15°.
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Perhaps the most significant point to be noted here is the Reynolds number dependence. In
the attached region the heat transfer coefficients collapse on a single curve. In the vortical
region there is a very significant Reynolds number dependence. This 1s in addition to the
normal Re increase which is already accounted for in the normalized h. This means that when
wind tunnel tests are used to evaluate shuttle leeside heating, these tests must be conducted at
the proper Reynolds numbers. If this is not possible due to facility limitations, techniques
must be developed for extrapolating the data to flight Reynolds numbers.

As far as the Mach number dependence is concerned, the correlation‘should not be misinterpreted.
Although the Mach number ranged from 6 to 10, the cone angles also changed and in such a way
that the post-shock Mach numbers were approximately equal. Additional data at higher Mach numbers
are needed to establish the dependence of vortical heating on Mach number.

There is one additional point to be made in this slide. In addition to the results from
three sets of cone data which correlate quite well (open symbols), the graph shows some data for
a half cone (filled symbol). The half-cone is oriented with the flat surface on the bottom, and o
is taken as zero when this surface is aligned with the flow. It is seen that, under comparable flow
conditions, the leeside heating is much more intense on the half cone than on the full cones.
It appears that the sharp edges on the half-cone are in some way responsible for the difference.
It might be mentioned that recent (unpublished) tests at Ames Research Center with slender square
pyramids indicated similar trends. The amplification of heat transfer on the leeside was much

greater than for cones under comparable test conditions.
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WIND TUNNEL TEST PROGRAM
(S1ide 2)

As the second part of this investigation;a series of tests were conducted in the Grumman
hypersonic wind tunnel. The models used in these tests are shown in Slide 2. One of the models in
cylindrical, the other pyramidal. The cross sections are similar and, in fact, indentical near
the middle station of the pyramidal body.

Both models were tested at Mach 8, at a Reynolds number of 0.5 x 106 and at angles of
attack ranging from O to 550. Heat transfer coefficients were measured using the phase-change

paint technique developed by Jones and Hunt (Ref. 5) and surface streamline patterns were

obtained using the oil flow technique.
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MEASURED HEAT TRANSFER COEFFICIENTS
(S1lide 3)

Slide 3 shows the measured leeside heat transfer coefficients for the two models plotted
against the angle of attack. (For convenience, the heat transfer coefficients have been
normalized by the stagnation point heat transfer coefficient on a 2 mm sphere.) The body
stations for which these data are shown were selected such that the cross sectional areas, as
well as the running-length Reynolds numbers are equal.

Comparison of the two curves indicates that the variation of the leeside heat transfer
coefficient with angle of attack is very different for the two shapes. The results for the
cylindrical model indicate maximum leeside heat transfer at an angle of attack of about 300.

At angles of attack greater than hooythe heat transfer coefficient appears to level off, probably
indicating full separation.

The data for the pyramidal shape indicate just the opposite trends. The leeside heat transfer
coefficient drops to low values at moderate angles of attack and then increases again as the angle

of attack is increased to 550.
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RADIATION EQUILIBRIUM TEMPERATURE
(s1ide 4)

It might be of interest to consider what the measured heat transfer coefficients would mean
in terms of skin temperatures during reentry. If the models were scaled up to 50 meters in length
and reentered from orbit along high and low cross range trajectories (Ref. 6 %,the radiation
equilibrium temperature shown in Slide 4 would result.

In performing these calculations the usuval procedure of scaling h by the square root of
Reynolds number was followed. As was mentioned earlier, there 1s great uncertainty in using this
type of scaling on the lee side; however, in the absence of actual Reynolds number dependence
it was necessary to use this simplified analysis.

The calculations show that the cylindrical vehicle experiences very moderate leeside temperatures
during high angle-of-attack reentry. During low angle-of-attack reentry the leeside skin temperatures
are considerably higher. The pyramidal body, on the other hand, shows Just the opposite trends.

Although the overall temperature range indicated in Slide 4 is not great, the data presented do
straddle the 600°K line, which 1s the maximum temperature limit for a load-carrying titanium struc-
ture. Thus, choice of either the cylindrical or pyramidal shape could make the difference between

being able to use an unprotected load-carrying titanium structure or having to either protect it or

change it to a heavier material.
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OIL FLOW AROUND CYLINDRICAL BODY AT o= 20°
(S1ide 5)

Slide 5 shows some results from the oil flow studies. In this case the cylindrical body
was tested at an angle of attack of 20°. The dark areas on the model indicate regions of

high shear. 'Significant reattachment is evident on the lee side.
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0IL FLOW AROUND CYLINDRICAL BODY AT o= 55°
(Slige 6)

When the same body was tested at an angle of attack of 550, the lee side appeared to be fully
separated with no indication of vortical reattachment. Also, the flow appeared to te nearly

two dimensional in the cross~flow plane.
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OIL FLOW AROUND PYRAMIDAL BODY AT e = 20°
(S1ide T)

Slide T shows the results with the pyramidal body at o= 200.

evidence of vortical reattachment.

There is only slight
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OIL FLOW AROUND PYRAMIDAL BODY AT £= 55°
(slide 8)

With the pyramidal body at £ = 550, there is evidence of strong vortical reattachment.
The results of the oil flow studies are 1n qualitative agreement with heat transfer
meagsurement in the sense that strong vortical reattachment is associated with a high heat

transfer coefficient.




8 9plIS

AQOd TYAINVIAD V ¥04 456

=D 1V MO14 10

307



80¢

SUMMARY OF RESULTS

The major findings of the wind tunnel investigation can be summarized as follows:

l.

The growth of the lateral dimensicns of the body in addition to the nose shape and bluntness
appears to have a strong influence on the nature of vortical flow and leeside heat transfer.

At the highest angle of attack used in these tests, that is, 55° with reference to the body axis,
flow about the cylindrical body was essentially two dimensional. At the same angle of attack,

the pyramidal body still indicated strong vortical reattachment.
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OBJECTIVES

(Figure 1)

Highlights of the Ames Research Center effort in support of the aerodynamic development of
space shuttle vehicles will be presented in this paper. Specific objectives of the paper are
presented in figure 1. A large number of models of space shuttle vehicles have been tested at
Ames over wide ranges of Mach number, Reynolds number and angle of attack. Aerodynamic data
have been obtained for orbiters, boosters and launch configurations. Including variations to
baseline shapes, over 100 configurations have been tested thus far. From these tests, answers
to previously identified fundamental aerodynamic flow problems are being obtained. For example,
at the Space Transportation System Technology Symposium in July 1970, it was pointed out that
at M = .25 there were large effects of body chine radius and Reynolds number on the pitching
moments of a straight-wing orbiter at high angles of attack. A further analysis of these effects
is presented by Thomas B. Sellers (paper no. 13 of volume I of this compilation). It is our intent to
sort out effects of Mach number, as well as chine radius and Reynolds number, on the aerodynamics
of space shuttle vehicles at high angles of attack. Another facet of configuration shaping that
will be discussed is a comparison of the aerodynamics of delta~wing orbiters having single and
twin vertical tails. 1In addition, new criteria for aerodynamic stability of space shuttle vehicles
will be presented. These criteria now include the trajectory effects of varying dynamic pressure
and Mach number. Finally, apparatus will be described for obtaining the identified dynamic

derivatives.
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OBJECTIVES

DESCRIBE THE WIDE RANGE OF CONFIGURATIONS
TESTED

SORT OUT EFFECTS OF BODY CHINE RADIUS, REYNOLDS
NUMBER AND MACH NUMBER ON HIGH ANGLE OF
ATTACK AERODYNAMICS

COMPARE AERODYNAMICS OF DELTA-WING ORBITERS HAVING
SINGLE AND TWIN TAILS

PRESENT NEW CRITERIA FOR AERODYNAMIC STABILITY

DESCRIBE APPARATUS FOR OBTAINING DYNAMIC DERIVATIVES

Figure 1
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McDONNELL DOUGLAS STRAIGHT-WING ORBITER

(Figure 2)

The model of the McDonnell Douglas straight-wing orbiter shown in figure 2 was tested with
and without a folding wing. The foldable wing had the same aspect ratio (~ 7.0) as the fixed
wing but shorter span. Low-speed tests were made with and without cruise engines deployed.
Various combinations of horizontal tail incidence and elevator angles were investigated. The

moveable rudder is visible in the photograph. Some tests were made with different chine radii

on the body nose.
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McDONNELL DOUGLAS DELTA-WING ORBITER
TWIN VERTICAL TAILS

(Figure 3)

A model of an early version of the McDonnell Douglas delta-wing orbiter with wing-tip-
mounted vertical tails is shown in figure 3. Limited tests were made with various combina-

tions of inboard elevon and outboard aileron deflection angles,
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McDONNELI, DOUGLAS DELTA-WING ORBITER
CENTERLINE VERTICAL TAIL

(Figure 4)

The model shown in figure 4 is a later version of the McDonnell Douglas delta-wing
orbiter. The twin vertical tails shown in the previous figure have been removed and a
centerline vertical tail added. The added wing tip fairing increased the span of the

outboard ailerons over that of the earlier configuration. Also shown in the photograph
is the added deflectable body flap.
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McDONNELL DOUGLAS/MARTIN LAUNCH CONFIGURATION
JET-FLAP-CANARD HIGH-WING BOOSTER AND STRAIGHT-WING ORBITER

(Figure 5)

The McDonnell Douglas/Martin launch configuration shown in figure 5 is comprised of a
high-~wing booster with jet-flap canard and the fixed-straight-wing orbiter. The model was

tested with various combinations of booster elevon, aileron and rudder deflections.
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MCDONNELL DOUGLAS/MARTIN LAUNCH CONFIGURATION
JET-FLAP-CANARD HIGH-WING BOOSTER AND STRAIGHT-WING ORBITER

Figure 5
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McDONNELL DOUGLAS/MARTIN LAUNCH CONFIGURATION
AERO-CANARD LOW-WING BOOSTER AND DELTA-WING ORBITER

(Figure 6)

The McDonnell Douglas/Martin launch configuration shown in figure 6 is comprised of
a low-wing booster with aerodynamic canard and the single-tail version of the delta-wing
orbiter. The canard incidence angle was not varied; aerodynamic control is provided by

deflecting elevons, ailerons and rudder on the booster.
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MCDONNELL DOUGLAS/MARTIN LAUNCH CONFIGURATION
AERO-CANARD LOW-WING BOOSTER AND DELTA-WING ORBITER

Figure 6
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NORTH AMERICAN ROCKWELL STRAIGHT-WING ORBITER
LOW-POSITION HORIZONTAL TAIL

(Figure 7)

One version of the North American Rockwell straight-wing orbiter with horizontal tail
in the low position is shown in figure 7. Configuration variables investigated at Ames
include two different nose shapes and three different horizontal tail arrangements. The

incidence of each of the horizontal tails was varied as well as elevator angle.



1145

NORTH AMERICAN ROCKWELL STRAIGHT-WING ORBITER
LOW-POSITION HORIZONTAL TAIL

Figure 7
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8.

NORTH AMERICAN ROCKWELL STRAIGHT-WING ORBITER
MID-POSITION HORIZONTAL TAIL

(Figure 8)

Another version of the North American Rockwell straight-wing orbiter is shown in figure

In this view, the horizontal tail is shown in the mid-body position.
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NORTH AMERICAN ROCKWELL STRAIGHT-WING ORBITER
MID-POSITION HORIZONTAL TAIL

Figure 8
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NORTH AMERICAN ROCKWELL DELTA~WING ORBITER
TWIN VERTICAL TAILS

(Figure 9)

One version of the North American Rockwell delta-wing orbiter with twin vertical tails
is shown in figure 9. Configuration variables investigated at Ames include wing and vertical

tail planform, tail cant and toe-~in angles and elevon and rudder deflection angles.
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NORTH AMERICAN ROCKWELL DELTA-WING ORBITER
CENTERLINE VERTICAL TATL WITH 5° FLARED RUDDER

(Figure 10)

A model of the North American Rockwell delta-wing orbiter with vertical tail on the
body centerline is shown in figure 10. This photograph shows how the outboard portion of

the wing was changed when the wing~tip-mounted vertical tails were eliminated. Several

different rudder flare angles were investigated.
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NORTH AMERICAN ROCKWELL DELTA-WING ORBITER
CENTERLINE VERTICAL TAIL WITH 5° FLARED RUDDER

Figure 10
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NORTH AMERICAN ROCKWELL DELTA-WING ORBITER
CENTERLINE VERTICAL TAIL WITH 5° FLARED RUDDER

(Figure 11)

The North American Rockwell delta-wing orbiter model shown in figure 11 has more sharply
pointed wing tips than on the wing illustrated in the previous figure. The blunt trailing

edge of the vertical tail resulting from the 5° of rudder flare is clearly visible.
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NORTH AMERICAN ROCKWELL DELTA-WING ORBITER
CENTERLINE VERTICAL TAIL WITH 5° FLARED RUDDER
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NORTH AMERICAN ROCKWELL DELTA-WING ORBITER
CENTERLINE VERTICAL TAIL WITH 20° FLARED RUDDER

(Figure 12)

The photograph of the North American Rockwell delta-wing orbiter model shown in figure 12

is presented to illustrate the 20° (40° included angle) flared rudder on the vertical tail.
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NORTH AMERICAN ROCKWELL DELTA-WING ORBITER
CENTERLINE VERTICAL TAIL WITH 20° FLARED RUDDER

Figure 12
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GENERAL DYNAMICS DELTA-WING BOOSTER

(Figure 13)

Figure 13 is a lower surface view of a General Dynamics delta-wing booster model. The

model has a vertical tail mounted on the top of the fuselage.

the body, wing and vertical tail.

Pressures were measured on
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GENERAL DYNAMICS DELTA-WING BOOSTER

Figure 13
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NORTH AMERICAN ROCKWELL/GENERAL DYNAMICS
LAUNCH CONFIGURATION
STRAIGHT-WING BOOSTER AND DELTA-WING ORBITER

(Figure 14)

One version of the North American Rockwell/General Dynamics launch configuration
employing a straight-wing booster is shown in figure 14. 1In addition to varying the
orbiter location and incidence relative to the booster, the tail arrangement on the
booster was varied. The alternate arrangement consisted of a horizontal tail and a

centerline-mounted vertical tail.
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NORTH AMERICAN ROCKWELL /GENERAL DYNAMICS

LAUNCH CONFIGURATION
STRAIGHT-WING BOOSTER AND DELTA - WING ORBITER

Figure 14
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SUMMARY OF CONFIGURATION VARIABLES
AND TEST CONDITIONS INVESTIGATED

(Figure 15)

The photographs shown in figures 2 through 14 were selected to illustrate the wide range
of configurations being investigated. Wind-tunnel data were obtained for all of these models
and a number of other ones at the Ames Research Center. A summary of the configuration

variables and test conditions investigated is presented in figure 15. From unpublished data

a number of aerodynamic effects of configuration shaping that are common to straight— and
delta~wing concepts are emerging. Only a few of those being investigated are discussed in

this paper.
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SUMMARY OF CONFIGURATION VARIABLES
AND TEST CONDITIONS INVESTIGATED

BODY
e CROSS SECTIONAL SHAPE
e NOSE SHAPE
e CHINE RADIUS

WING
e PLANFORM - STRAIGHT, DELTA, TRAPEZOIDAL
e LOCATION - LONGITUDINAL AND VERTICAL

HORIZONTAL TAIL
e [OCATION (LOW AND MID POSITIONS) AND SIZE
e FIXED AND ALL MOVEABLE
e PLANFORM

VERTICAL TAIL
e PLANFORM
e ARRANGEMENT~-TWIN AND SINGLE
e FLARED AND UNFLARED

CONTROLS
e CANARD e RUDDERS
e WING TRAILING EDGE ® A|LERONS

e ELEVATORS

LAUNCH CONFIGURATIONS
e ORBITER POSITION ON BOOSTER

TEST CONDITIONS
e MACH NUMBER, 0.25 - 7.4
e LENGTH REYNOLDS NUMBER, | TO 20 x 108
e ATTITUDE, O<@<70° AND O < B < I5°

Figure 15
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EFFECIS OF BODY CHINE RADIUS
ON AERODYNAMICS OF SHUTITLE FUSELAGE

(Figure 16)

Figure 16 shows the effect of body chine radius on the high angle of attack normal-force
and pitching-moment coefficients for Mach numbers of 0.3, 0.6 and 1.35. The results, for
body alone, are for a Reynolds number of 2.5 x 10%, based on body width. As might be expected
from the early work of Polhamus (reference 1) on the drag of two-dimensional cylinders,
chine radius has a large effect on the normal-force and pitching-moment coefficients at M = 0.3.
Increasing chine radius (or streamlining) reduces the cross-flow drag coefficient and thereby
decreases the normal-force coefficients at high angles of attack. The effect of chine radius
decreases as the Mach number is increased. The reason for this trend is that at subsonic speeds
the normal force results primarily from wake drag which is sensitive to small amounts of fore-
body streamlining, while at supersonic speeds the normal force is primarily forebody drag which

is not sensitive to small amounts of streamlining.
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EFFECT OF BODY CHINE RADIUS ON AERODYNAMICS OF SHUTTLE FUSELAGE
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EFFECT OF REYNOLDS NUMBER
ON AERODYNAMICS OF SHUTTLE FUSELAGE

(Figure 17)

The effect of Reynolds number on the high angle of attack normal-force and pitching-
moment coefficients of a body alone are presented in figure 17. Data are shown for two chine
radii, O and 0.06 of the body width. For the model with sharp corners, increasing the
Reynolds number by a factor of 3 or 4 had very little effect. For the rounded corner model,
changes in Reynolds number had large effects only at M = 0.3, It should be noted that the
curves of pitching-moment coefficient at M = 0.6 resemble those at M = 0.3 for the model with
sharp corners and the model with round corners at the lower Reynolds numbers; i.e., high
cross-flow drag of the nose and pitch up is indicated. These effects are attributed to
changes in the way the flow separates in the cross-flow plane as it passes around the body.

With sharp corners, the flow has fixed edges from which to separate. The resulting wake does
not close behind the body and the cross-flow drag corresponds to that high value for subcritical
Reynolds numbers., At M = 0.3 with a small amount of corner rounding, the flow remains attached
for further distances around the body as Reynolds number is increased. The wake closes more and
more until finally, for sufficiently high Reynolds number, the cross-~flow drag corresponds to
that low value for supercritical Reynolds number. Larger amounts of corner rounding and
increasing Mach number reduce the Reynolds number required to obtain supercritical flow with

attendant low values of cross-flow drag.
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EFFECT OF REYNOLDS NUMBER ON AERODYNAMICS OF
SHUTTLE FUSELAGE
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EFFECT OF MACH NUMBER
ON PITCHING MOMENT OF STRAIGHT-WING ORBITER

(Figure 18)

The body alone results discussed in figures 16 and 17 are reflected in figure 18 showing
the effect of Mach number on the pitching-moment coefficient of a straight-wing orbiter having
well-rounded corners on the fuselage. At M = 0.6 the tendency toward pitch up at high angles
of attack, independent of Reynolds number, might make it difficult to initiate the transition
from high to low angles of attack with aerodynamic controls. This pitch~up tendency at M =
0.6, which is attributed to the aerodynamics of the body nose, is also present in results for
delta~wing shuttle vehicles. However, it is of less concern for delta-wing shapes since
initiation of transition from high to low angles of attack probably would occur at supersonic
speeds for these vehicles. The changing character of the pitching-moment curves at high angle
of attack as Mach number is increased, i.e., no hump at M = 0.25, large hump at M = 0.6 and
diminishing hump for increasing supersonic Mach number, is attributed to two effects. One is

the transonic cross-flow drag rise of the body nose. The other is the reducing dominance of

the body nose normal force as the center of pressure of the configuration shifts rearward toward

the centroid of planform area with increasing Mach number.
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EFFECT OF MACH NUMBER ON PITCHING MOMENT OF
STRAIGHT—WING ORBITER
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COMPARISON OF SINGLE AND TWIN TAILS
DELTA-WING ORBITER

(Figure 19)

Figure 19 compares the lateral-directional characteristics of a delta-wing orbiter with
no vertical tail, single (centerline) vertical tail and twin vertical tails. Data for two
rudder flare angles, 5° and 20°, are shown for the single tail; the results are presented
for a Mach number of 7.4. At high angles of attack, positive dihedral effect (Clbs. < 0}
overcomes directional instability (Can. < 0) in the relationship

c* =¢ cos o __EE Cip, sin o

nB an Ix 1 B

to provide static stability even with no vertical tail. For flight at angles of attack near
(L/D)yax at hypersonic speed either a single tail with a flare angle greater than 20° or a

twin tail is required for stability.
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COMPARISON OF SINGLE AND TWIN TAILS
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COMPARISON OF SINGLE AND TWIN TAILS
DELTA-WING ORBITER

(Figure 20)

Figure 20 indicates that in the subsonic and supersonic speed range at zero angle of
attack, the single vertical tail provides greater stability for the delta-wing orbiter than
does the twin tail. The implication can be drawn from the results that if the transition
from high to low angles of attack were delayed from hypersonic to supersonic speeds, the

complexity of twin tails or large flare angles might be avoided.



16¢

COMPARISON OF SINGLE AND TWIN TAILS
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COMPARISON OF SINGLE AND TWIN TAILS
DELTA-WING ORBITER

(Figure 21)

Pitching-moment coefficients of a delta-wing orbiter are compared for single and twin
tails in figure 21. At M = 0.6, a pitch up occurs near o = 10° for the model with twin
tails. It is believed that the pitch up results from flow separation and loss of 1lift on
the wing near the fins. There appears to be no such problem for the centerline tail.
Differences in the pitching-moment curves for the two types of vertical tails disappear as

the Mach number is increased.
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EFFECT OF VERTICAL TAIL FLARE
ON LIFT-DRAG RATIO DELTA-WING ORBITER

(Figure 22)

Figure 22 shows the penalty in L/D that would be incurred by flaring of the vertical
tail if no provision is made for reducing the flare at the lower speeds. The reduction

in L/D is mainly a result of the base drag associated with the blunt trailing edges.
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EFFECT OF VERTICAL TAIL FLARE ON LIFT-DRAG RATIO
DELTA-WING ORBITER
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LONGITUDINAL STABILITY CRITERIA

(Figure 23)

Although the orbiter and booster elements of the space shuttle are airplane-like vehicles,
they traverse rapidly ascending and descending paths through the atmosphere. Therefore, as is
the case for missiles, it can be anticipated that aerodynamic stability criteria should include
effects of varying dynamic pressure and Mach number. Longitudinal stability criteria including
these effects are presented in figure 23. These criteria were derived by Sommer and Tobak in
reference 2. They are presented here to illustrate the additional conditions imposed by a non
constant flight environment. Of course, static aerodynamic stability about the trim angle of
attack(cmu < 0) is required to obtain an oscillatory motion. The second equation shows how
much aerodynamic damping in pitch is needed to cause oscillatory motion to decay with aerodynamic
controls fixed. It can be seen that the smaller the slope of the lift curve, evaluated at the
trim angle of attack, is,the more damping in pitch is needed. For flight at CLmax no benefit is
derived from the lift-curve slope. At hypersonic speeds deu/de is essentially zero and CLa is
nearly constant. For this situation less aerodynamic damping is required when dynamic pressure
is increasing while more damping is required when dynamic pressure is decreasing. At low super-
sonic and transonic speeds Cmq changes rapidly with Mach number and reaches a maximum value near
a Mach number of unity. In this flight regime the varying Crny, either will be beneficial or
detrimental depending upon whether the speed is increasing or decreasing and whether the Mach

number is above or below one.



LSE

LONGITUDINAL STABILITY CRITERIA

FOR OSCILLATORY MOTION:
Cm <O

FOR DECAY OF OSCILLATORY MODE:

Iy m | da/ds . dv/ds (dCmg/dMo)
q+Cm&<—"i§‘{CLa+ pAl{ q +Mm Y,
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m m Cmq

AL
WHERE dqéds - & [—CD + Wsiny (—é— + @%)}
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v C 3m (—cD + -d—A—siny)
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Figure 23
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LATERAL-DIRECTIONAL STABILITY CRITERIA

(Figure 24)

In order to assure static lateral-directional stability, the criterion given in figure 24
must be satisfied. The form of the criterion includes both of the criteria given previously

by Wawrzyniak in reference 3 and Manke, et.al. in reference 4. Wawrzyniak's criterion results

I
when it can be assumed that IXZ << Cot a and iXZ. << tan o so that a ~ 1 and b = %z.tan o.
X

X Z
Then, the criterion can be written CnB cos o = %Z'CIB sin o > 0. On the other hand, when
X

the angle of attack is small so that sin o = a, cos = 1, such as it is for the 1lifting body class

of vehicles including the M-2, HL-10 and X-24, then the criterion can be written as

CnB -.%& CIB (a0 - %EZJ > 0 as given by Manke, et.al. in reference 4, Lifting body flight tests
X Z

have shown that aircraft stability remains acceptable so long as this latter criterion is
satisfied even though CnB is negative., Although the criterion has a different form for shuttle
vehicles flying at higher angles of attack, this experience with lifting bodies lends support to

the validity of the more general form of an.
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LATERAL-DIRECTIONAL STABILITY CRITERIA

FOR OSCILLATORY MOTION:
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Figure 24
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LATERAL-DIRECTIONAL STABILITY CRITERIA

(Figure 25)

Previously unpublished criteria for decay of the first and second order mode motions,
respectively, including effects of varying dynamic pressure and Mach number are given in
figure 25. These criteria were derived by Tobak using an approach similar to that discussed
in reference 21 in which the longitudinal criteria were derived. It is assumed in the
derivation that o = const., q = 0, so that the roll and yaw equations of motion become
uncoupled from the pitch equation. The right hand side of the first equation is analogous
to the result presented in figure 23 for decay of the longitudinal oscillatory mode. The
quantities a and b are defined in‘figure 24. Note that the right side of the equation for
decay of the first order mode is zero for constant velocity flight. The derivatives Cn¢ and Cl¢
are the rate of change with $1/V, evaluated at ¢ = (), of the yawing- and rolling—moment coef~
ficients, respectively, that would be measured in steady coning motion with o, B and ¢ set at
constant values. Analysis of the equations presented in this figure to determine which terms
are most significant for shuttle vehicles now is underway. Also, consideration is being given
to the definition of wind~tunnel experiments necessary for measuring the various derivatives

appearing in the equations. Results of this work are shown in the next figures.
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LATERAL-DIRECTIONAL STABILITY CRITERIA

FOR DECAY OF OSCILLATORY MODE:
»
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Figure 25
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BASIC MOTIONS IN BODY AXES

(Figure 26)

In a series of earlier papers, references 5 through 8, Tobak and his associates formulated
aerodynamic force and moment systems for bodies of revolution which do not depend on a linearity
assumption and are capable of accounting for the coupling between motions that may occur during
large amplitude nonplanar motions. This work has just been extended to include non axisymmetric
bodies (e.g., shuttlecraft) and results are presented in reference 9 . It has been shown, in
body axes, that moment contributions from the four characteristic motions pictured in figure 26
are required to completely specify the nonlinear moment system for arbitrary motions. For wind-
tunnel tests in the body axes system, two kinds of apparatus are needed. One is a coning apparatus
capable of measuring moment contributions due both to steady angle of attack and sideslip and
coning at constant a and B. Tt is noted that all forces and moments measured with this device are
steady quantities even under coning conditions so that a conventional static balance can be used
in the model. The other device needed is a damping apparatus capable of measuring pitch, yaw and
roll moments due to small oscillations about fixed angles of attack with sideslip angle comstant
(damping in pitch) and due to small oscillations about fixed angles of yaw with angle of attack

constant (damping in yaw).
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BASIC MOTIONS IN AERODYNAMIC AXES

(Figure 27)

The four characteristic motions in the aerodynamic axes system are shown in figure 27, Wind-
tunnel tests in this axes system require the same two pieces of apparatus needed to produce the
characteristic motions in body axes except that the coning device must also be capable of producing
small oscillations in roll about various constant incidence and roll angles. The damping in roll

experiment in this axis system replaces the damping in yaw experiment in the body axis system.
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CONING APPARATUS FOR WIND-TUNNEL EXPERIMENTS

(Figure 28)

An apparatus designed to produce coning motion is shown in figure 28. A motor drives the
apparatus about an axis parallel to the wind-tunnel flow. For illustrative purposes a model
of a shuttle orbiter is shown installed on the apparatus although shuttle models have not yet
been tested on this device. However, experiments have been performed with cones and results
presented in reference 26 confirm the validity of the test technique. Prior to conducting
experiments to measure all of the rotary derivatives for shuttle vehicles, computer simulations
of vehicle motions should be made to determine which of the many dynamic derivatives have the

greatest influence on flight behavior.
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SUMMARY

(Figure 29)

Some highlights of the Ames Research Center effort in support of the aerodynamic develop-
ment of space shuttle vehicles have been presented, and results are summarized in figure 29.
Photographs of some of the models tested at Ames were presented to illustrate the scope of
configuration variables investigated. Data obtained for these models are being analyzed to
provide answers to fundamental flow problems and to guide configuration shaping; some of the
findings have been presented in this paper. In addition to analyses of wind-tunnel data,
analytic investigations are being performed. These studies have provided new criteria for
aerodynamic stability of space shuttle vehicles which include effects of varying dynamic pres-
sure and Mach number. Finally, methods for experimentally determining dynamic stability

derivatives have been identified.
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SUMMARY

AERODYNAMIC DATA HAVE BEEN OBTAINED FOR A WIDE RANGE OF CONFIGURATIONS
AND TEST CONDITIONS
AT VERY HIGH ANGLES OF ATTACK (>45 ) :

« INFLUENCE OF BODY CHINE RADIUS AND REYNOLDS NUMBER MOST
IMPORTANT AT SUBSONIC SPEEDS

+ PITCH-UP TENDENCY AT TRANSONIC SPEEDS, INDEPENDENT OF
REYNOLDS NUMBER, MIGHT INFLUENCE CHOICE OF MACH
NUMBER FOR INITIATION OF TRANSITION FROM HIGH TO LOW
ANGLES OF ATTACK

« LATERAL-DIRECTIONAL STABILITY RELATIVELY INDEPENDENT
OF VERTICAL SURFACES ( TWIN, SINGLE, OR NONE )

FLIGHT NEAR ( L/D oy

« LARGE FLARE ANGLE ON SINGLE VERTICAL TAIL MIGHT BE
REQUIRED FOR LATERAL-DIRECTIONAL STABILITY AT
HYPERSONIC SPEEDS

CRITERIA FOR AERODYNAMIC STABILITY OF SPACE SHUTTLE VEHICLES SHOULD
INCLUDE EFFECTS OF VARYING DYNAMIC PRESSURE AND MACH NUMBER.

A METHOD FOR OBTAINING DYNAMIC DERIVATIVES HAS BEEN IDENTIFIED

Figure 29
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NOTATION

wing reference area
wing reference span
drag coefficient, drag/qA

lift coefficient, 1ift/qA

rolling~moment coefficient, rolling moment
V qAb

piteching-moment coefficient, pitching moment

qAE

normal force coefficient, normal force
gA

yawing-moment coefficient, yawing moment
qAb

effective lateral-directional stability derivative (figure 24)

dimensionless lateral-force component lying in the plane con-
taining B and directed normal to the plane containing CL and

V, lateral force
qA

wing reference mean aerodynamic chord
drag force

effective body width
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IX’

XZ

Y,

Z

acceleration due to gravity

moments of inertia with respect to body axes
product of inertia with respect to body axes

lift force

reference length

mass

Mach number

dynamic pressure, also pitching velocity

local radius, also yawing velocity

Reynolds number based on d

dimensionless distance along flight path (figure 23)
speed

weight

body reference axes

angle of attack (figure 26)

angle of sideslip (figure 26)

flight path angle, positive below local horizontal
horizontal taill deflection, positive with trailing edge down
atmosphere density

resultant incidence angle (figure 27)
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$ coning rate of X axis about velocity vector
] angular inclination from the crossflow velocity vector of
the Z axis (figure 27)
Subscripts
b body axes
max maximum value
s stability axes
a 5 ( )/3a
8 3 ( )/98B
& 3 ( )/
v

g a( )/3g)

v
q 3( )/ 3qu

v

r a( /31

v
¢ a( )/ am

v
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CONTROL AND HANDLING QUALITIES OF SPACE SHUTTIE ORBITERS

By Richard W, Powell, James J. Adams, and Lawrence W. Brown
WASA Langley Research Center, Hasmpton, Va.

INTRODUCTION

In keeping with the recent decision in the shuttle program to focus on the high-cross—range
orbiters, the.portion of the effort on low-cross-range orbiters has been redirected. However,
the results of certain analyses conducted on the low-cross—range orbiters are of continuing
interest. For example, most of the current bboster concepts conduct their suborbital entry
in the low-cross-range, high-angle-of-attack mode. With these applications in mind, the first
part of this paper will discuss analyses of the a transition of a low-cross-range orbiter in

the terminal portion of the trajectory.
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c mean aerodynamic chord
Clmax maximum 1t coefficlent
Cy rolling-moment coefficient
BCZ
Cy, = —
[T
Cny pitching-moment coefficient
Cmor, slope of pitching-moment curve,

oC

m

g = 3z /o)

Cn yvawing-moment coefficient

I
= - 2 ;
(CnB) L= CnB cos o T, CZB sin «

h altitude

T, moments of inexrtia

KP ,KT "KB feedback gains

(L/D)pax meximm lift-dreg ratio

M Mach number

OCp

SYMBOLS
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My, Mz

o
I

(e
=x

M m
e ™

at

moments about roll and yaw axes, respectively

roll velocity
pltch velocity
yaw velocity
time

velocity

angle of attack

angle of sideslip

horizontal-tail deflection
error in E

error in bank angle

bank angle

commanded bank angle
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C REENTRY TRAJECTORIES OF STRAIGHT~WING ORBITERS

Lyax

COMPARTNG SUPERSONIC AND SUBSONIC TRANSITION MANEUVERS

(Figure 1)

For the straight-wing orbiter, the handling qualities presented are based on the character-
istics of the North American Rockwell (NAR) 130G phase "B" design.

Along the baseline reentry trajectory proposed for this orbiter, the entry angle of attack
is maintained down to subsonic speed before pitching to a cruise attitude, at an altitude of
approximately 15 km (50.000 feet). The second trajectory shown corresponds to transition
initiated at M = 2, at an altitude of 36 km (120 000 feet). These trajectories are also shown
in terms of altitude and time where it is noted that the supersonic transition provides a

substantial increase in gliding flight time over the subscnic transition.
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COMPARISON OF C'—mux REENTRY TRAJECTORIES OF
STRAIGHT-WING ORBITER

ALT., SUPERSONIC AND SUBSONIC TRANSITION MANEUVERS
km
70 — _
— ———TRANSITION MANEUVER
60 |
50 F .
SUPERSONIC
0k I TRANS ITION
) Y b lomin——
\»SUPERSONIC
TRANS ITION
20| i
10 \_ SUBSONIC i
TRANS ITION SUBSONIC \
, | | | ‘ TRANS I T|ON { ,
0 2 .4 .6 .8 10 0 400 800 1200 1600

VELOCITY, km/sec TIME, sec

Figure 1
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LONGITUDINAL STABILITY CHARACTERISTICS OF THE NAR 130G STRAIGHT-WING ORBITER

(Figure 2)

Supersonic pitching-moment characteristics of the MAR 130G straight-wing orbiter are presented
on the left side of the figure. At supersonic speeds, this configuration is statically stable

(c negative) in both the high and low a ranges but slightly unstable in e limited intermediate

T,
region. The even spacing of the curves for various tail angles indicate uniform control power
throughout the angle-of-attack range. In addition, control authority is sufficient to perform
the o transition maneuver using only aerodynamic controls.

Corresponding subsonic characteristics are presented on the right side of the figure. At
high subsoniec Mach number, this instabilifty increases, as indicated by the high Cma of the
M = 0.6 curves; at lower Mach numbers, however, the instability disappears. Although the control

power is quite variable in the low o range, it should be adequate to perform the a transition

maneuver at low subsonic speeds.
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LONGITUDINAL STABILITY CHARACTERISTICS
OF NAR 130G STRAIGHT-WING ORBITER

SUPERSONIC
M = 2.0 (LANGLEY)
6H, deg

=

SUBSONIC
6H, deg

= M = 0.6 (AMES) M = 0.4 {LANGLEY)

0 -30 AD
u o-20

©-10

AN

v 10

—--ESTIMATED

\

10

Figure 2
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THEORETICAL TRAJECTORY AND MOTION ANALYSIS OF A M = 2.0

o TRANSITION MANEUVER OF THE NAR 130G STRAIGHT-WING ORBITER

(Figure 3)

To determine the major characteristics of the supersonic transition maneuver, a three
degree of freedom analysis was performed. This study showed that a two-step horizontal tail
deflection program would provide a gradual transition. In addition, enough natural damping
(Cmq) is available so that the maneuver would offer little difficulty even for an unaugmented
vehicle. This maneuver results in an altitude loss of =~ 6 km (20 000 feet) and a net
velocity loss of 0.1 km/sec (300 feet/sec).

Since the subsonic transition maneuver has been demonstrated by others to be smooth and

well damped, no further analysis of it was made,.
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THEORETICAL TRAJECTORY AND MOTION ANALYSIS
M = 2.0 a TRANSITION MANEUVER OF NAR 130G STRAIGHT-WING ORBITER

60
a, deg 40

30
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0 20 40 60

TIME, sec

Figure 3
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LATERAL DIRECTIONAL STABILITY OF THE NAR 130G STRAIGHT-WING ORBITER
(Figure k)

The lateral directional characteristics are summerized in terms of (CnB)d . The perameter
yn
combines the static aerodynamic and inertia characteristics to provide a first order

approximation to the Duteh roll frequency. A positive value of (C is desired whereas

)
18 dyn
negative values indicate aperiodic roots, one of which is divergent. It should be noted that

(Cnﬁ) does not by itself predict the level of stability. Used in the complete equations of

dyn
motion, however, the values shown indicate that the lateral directional characteristics of this
vehicle are satisfactory subsonically (M = 0.6) at 811 a's without augmentation, but that

some stability augmentation is required supersonically at the low o's.
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PITOTED SIMULATION HANDLING QUALITIES EVALUATION

OF o TRANSITION MANEUVERS OF NAR 130G STRAIGHT-WING ORBITER

(Figure 5)

The handling gqualities associated with supersonic transition were studied on a six degree
of freedom piloted simulator. The vehicle was provided both aerodynamic and reaction jet control;
augmentation was limited to pitch damping and RCS* feedbacks. Noting that transition at M = 4.0
and at M = 2.0 offered the same degree of difficulty in the pitch plane, the simulator studies
were performed at the higher Mach number to have more time to study problems associated with
low o flight. As predicted, if there is no lateral disturbance, the maneuver is easily performed
supersonically. However, when the pilot was required to perform a heading change, lateral
directional instabilities appeared. Typical Cooper-Harper pilot ratings for both the subsonic
and supersonic maneuver are shown. The rating system is graduated in values from 1 to 10, where
1 indicates excellent flying qualities, and 10 indicates the vehicle is unflyable, a rating less than

4 is desirable. When artificial improvement of CZ was added, the pilot ratings for the supersonic
B

maneuver improved substantially. Another measure of the rel