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FOREWORD

Success in space demands perfection. Many of the brilliant achievements
made in this vast, austere environment seem almost miraculous. Behind each
apparent miracle, however, stands the flawless performance of numerous highly
complex systems. All are important. The failure of only one portion of a launch
vehicle or spacecraft may cause failure of an entire mission. But the first to
feel this awesome imperative for perfection are the propulsion systems, especially
the engines. Unless they operate flawlessly first, none of the other systems will
get a chance to perform in space.

Perfection begins in the design of space hardware. This book emphasizes
quality and reliability in the design of propulsion and engine systems. It draws
deeply from the vast know-how and experience which have been the essence of
several well-designed, reliable systems of the past and present. And, with a
thoroughness and completeness not previously available, it tells how the present
high state of reliability, gained through years of research and testing, can be
maintained, and perhaps improved, in engines of the future.

As man ventures deeper into space to explore the planets, the search for
perfection in the design of propulsion systems will continue. This book will aid
materially in achieving this goal.

WERNHER VON BRAUN
‘Director
- Marshall.Space Flight Center, NASA
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PREFACE

This book intends to build a bridge for the student and the young engineer: to link the rocket
propulsion fundamentals and elements (which are well covered in the literature) with the actual rocket
engine design and development work as it is carried out in industry (which is very little, if at all
covered in literature). The book attempts to further the understanding of the realistic application of
liquid rocket propulsion theories, and to help avoid or at least reduce time and money consuming
errors and disappointments. In so doing, it also attempts to digest and consolidate numerous closely
related subjects, hitherto often treated as separate, bringing them up to date at the same time.

The book was written “on the job” for use by those active in all phases of engine systems
design, development, and application, in industry as well as government agencies. Since it addresses
itself to human beings set out to create new machines, rather than describing machines about to
dominate man, the language chosen may not always be “functional” in the strict sense of the word.

The book presents sufficient detail to familiarize and educate thoroughly those responsible for
various aspects of liquid propellant rocketry, including engine systems design, engine development,
and flight vehicle application. It should enable the rocket engineer to conduct, independently, com-
plete or partial engine systems preliminary detail designs and to understand and judge the activities
in, and the problems, limitations, and “facts of life” of the various subsystems making up a complete
engine system. It also attempts to educate those ultimately interested in specialized subsystems and
component design (thrust chamber, turbopump, control valves, etc.) about their own as well as neigh-
boring subsystems and about the complete engine system. This should enable the student to prepare
realistic analytical calculations and design layouts with a long headstart toward the final specialized
designs for subsystem production release.

Special emphasis has been placed on engine flight application to stimulate engine systems and
subsystem designers to think in these terms from the outset. The book is intended as a textbook,
with specific consideration of the teacher without industry experience. We hope it will stimulate
those desiring to specialize in the area of a rocket engine subsystem by supplying adequate informa-
tion to enable them to benefit fully from the specialized literature. Thus it provides a realistic expert
introduction for those joining the liquid propellant rocket engine field.

We gratefully acknowledge the most valuable assistance by members of the Rocketdyne and the
Space Divisions of North American Aviation, Inc., Los Angeles. We are particularly indebted to R. E.
Grate, C. A. MacGregor, H. M. Alexander, S. B. Macaluso and T. Holwager of Rocketdyne Division,
and to R. E. G. Epple, R. W. Westrup, R. D. Hammond, and D. A. Engels of Space Division, who
reviewed the various chapters of the manuscript and contributed valuable ideas.

Special recognition goes to R. F. Strauss of Astrosystems International, New Jersey, who
inspired the manuscript and rendered valuable assistance during the various phases of its preparation.

In particular, the authors are indebted to the manifold support they received from North American
Aviation, Inc., and its divisions. Rocketdyne’s engine technology has provided a major foundation
for the book.

Dieter K. Huzel
David H. Huang
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Chapter 1

Introduction To Liquid Propellant Rocket Engines

In order that the reader may better understand
the basic laws and the operation of liquid pro-
pellant rocket engine systems, a brief review of
the fundamentals is presented.

1.1 THE GENERATION OF THRUST
BY A ROCKET ENGINE

The function of a chemical rocket engine
system is to generate thrust through combustion;
i.e., release of thermal energy derived from the
chemical energy of the propellants. The gener-
ated force (pressure) imparts a momentum to the
combustion products. In accordance with the
basic laws of motion, a momentum in the oppo-
site direction is also imparted to the vehicle. In
practice, high temperature, high-pressure gases
are produced in combustion chambers through
chemical reactions of either solid or liquid pro-
pellants. These gases are ejected through a
nozzle at high velocity. The operation of a
rocket engine system is independent of its en-
vironment except for slight effects on perform-
ance caused by ambient air pressure. Therocket
or, in a more general sense, the “reaction motor”
presently is the only practical device able to
propel a vehicle in space.

Let us examine briefly the process of thrust
generation and summarize the most frequently
used laws and formulae needed to design the
shape and to predict the behavior of a rocket
engine. These laws are mere adaptations of
basis physical laws. We know that

F=ma (1-1)

Force equals mass times acceleration. We also
know that the velocity increase experienced by
the accelerated mass, during the time the force
is imparted, is

(1-2)

Combining these two fundamental relations, we
obtain

_m
F—tv

(1-3)
This expression, known as the momentum theo-
rem, is the basic thrust equation for rocket en-
gines. When applied to rocket engines, the term
for mass, m, and the term for velocity, v, may
apply either to the vehicle or to the ejected
gases. The products of v and m, in opposite
directions, must be equal, as prescribed by the
law of action and reaction. This condition exists
even in a “tiedown” static rocket firing. In this
case, however, the “vehicle mass” (the earth) is
so large that reaction effects are undetectable.
The vehicle designer is primarily interested
in the utilization of the engine thrust available
for the acceleration of the vehicle, which at any
point of the trajectory may be expressed as

F:w,,,?": Wna (1-3a)

The vehicle designer uses this equation for ve-
hicle design and trajectory calculations, properly
considering that thrust F and vehicle mass Wp
change during flight.

In contrast, the engine designer and builder
is primarily concerned with the generation of
thrust. His attention, therefore, is focused on
the efficient conversion of the chemical energy
of the propellants into thermal energy, and thus
into kinetic energy of the gaseous combustion
products. His particular concern is to do this in
the most efficient way. For the designer, the
basic equation (1-3) may be rewritten as

SF=2y, = v, (1-3b)

t

where m is the mass flow rate of the gases, and
Ve is their velocity at the nozzle exit. Even in

1




2 DESIGN OF LIQUID PROPELLANT ROCKET ENGINES

this simple form, it becomes clear that, for a
given mass flow rate, thrust will increase with
increased gas velocities obtained.

It should be remembered that the vehicle, in
particular the thrust chamber of the engine, is
also subject to the pressure environment, which
is a function of altitude. Equation (1-3b) states
that if a mass is flowing out of a container, the
sum of all internal and external forces acting on
all surfaces of this container is equal to the
total momentum flowing out of the surface. The
liquid propellant rocket thrust chamber, with the
inclusion of the exit plane, is such a container
(fig. 1-1).

STIIEREE N

LR N XU X
.'i
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Figure 1-1

Let us first assume that the chamber is oper-
ated at an ambient pressure P, =0 (high-altitude
condition). Then, the net force acting on the
gas in the chamber is the sum of the reactions
from the chamber walls and of the reaction of the
absolute gas pressure at the exit. These two
reaction forces are opposed (fig. 1-1). Accord-
ing to the momentum theorem, the net force on
the gas must be equal to the momentum flux out
of the chamber:

4
P dA‘AePe:EVe
A

The integral describes that force F (I1b) which
acts on the thrust chamber and thus on the ve-

hicle. We can write:
W
F-Aepe :‘g‘Ve (1-4)
or
W
l<“:Eve+Ae;)e (1-5)

where pe (Ib/in? or psia) is the static abso-
lute gas pressure in the exit plane Ae (in?). The
equation assumes that the injection flow velocity
of the propellants can be neglected and that the
flow of gases through the exit plane is one-
dimensional; i.e., that all molecules of the gas

move on parallel lines. The expression-gl-ve

is often referred to as the momentum thrust, and
Aepe as the pressure thrust. The pressure thrust
is not a desirable form of thrust generation in
rocketry. The presence of the term Aepe indi-
cates that not all of the pressure forces avail-
able have been converted into gas kinetic energy
inside the chamber nozzle. In other words, a
portion of the gas pressure generated by the re-
lease of chemical energy has not been used for
the generation of gas momentum. It is the spe-
cific function of the thrust chamber nozzle to
convert, at maximum efficiency, the available
chamber pressure into gas momentum, and thus
obtain maximum thrust for a given propellant flow
rate.

We now assume that the rocket is operated at
a finite ambient pressure pgz >0 (Ib/in?) (low-
altitude condition). The resulting pressure
forces acting on the outside of the chamber walls
have no effect on the gas on the inside. How-
ever, these pressure forces cancel part of the
pressure thrust by an amount Aep,. Since gases
are flowing with supersonic velocity in the exit
plane A, the ambient pressure p; does not have
access to it. The ambient pressure p, thus cre-
ates a net unbalanced force onto the projected
thrust chamber area (opposing the thrust) of mag-
nitude Agp;. Including this term in equation
(1-5), the general rocket thrust equation is ob-
tained:

W
F:g Ve + Ae(Pe — Pa) (1-6)

The following model may extend the under-
standing of the nature of the terms which com-
pose equation (1-6). Let us assume we have a
movable cylinder (representing the thrust cham-
ber and vehicle mass), a spring (representing gas
pressure), a piston (representing the gas mass),
and a stationary rack (representing ambient con-
ditions) (fig. 1-2).
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MOVEABLE CYLINCER (REPRESENTING
THRUST CHAMBER AND VEHICLE)

PISTON
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GAS MASS)
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\ el AMADHTLS T
2 RN ]
SPRING -
ASSUMED i Alry o)
(vg%ngSENYING STATIONARY RACK
GAS PRESSURE) (REPRESENTING AMBIENT
CONDITIONS)
Figure 1-2

The spring is so made that its end slips side-
ways upon reaching the end of the cylinder and
engages the stationary rack. The cylinder is
suspended in a suitable manner to move freely.

When releasing the spring force (“pc™), the
“gas” is expelled to the rear. If, upon reaching
the chamber exit, some spring force remains, the
spring engages the rack and continues to act
upon the cylinder, but ceases to act upon the
“gas.” We find that the model works for all
cases: underexpanded (as assumed above, where
spring free length is longer than cylinder length);
overexpanded (spring free length is less than
cylinder length and the spring force is exhausted
prior to the “gas” reaching the exit, the “gas”
therefore being subject to deceleration within
the cylinder); and ideal expansion (where spring
free length equals cylinder length).

The model can also illustrate the case of the
overexpanded nozzle without jet separation,
which will be further explained below. This
situation is equivalent to that of the inertia of
piston (“gas™) and spring pulling the spring be-
yond its null point. The negative-loaded spring,
in engaging the rack (“*ambient”), will pull the
cylinder backward.

Equation (1-6) is often expressed as

W
F=c— 1-7)
z (
Where c is defined as the effective exhaust

velocity (ft/sec) and comprises
C=Ve+ Ae(Pe - pa) (8/W) (1-8)
The effective exhaust velocity is not the
actual gas velocity except when pe = pa where ¢

becomes equal to ve. As explained with equa-
tion (1-6), the presence of a term Ae(pe - pa)

(g/W) indicates that optimum v, has not been
obtained.

Sample Calculation (1-1)

The following data are given for a liquid pro-
pellant rocket engine: thrust, F£=100000 1b at
sea level; propellant consumption rate, W = 369.3
Ib/sec; thrust chamber exit area, A, =760.8 in?;
gas exit static pressure, pe =10.7 psia; ambient
pressure, p; =14.7 psia (sea level); gravitational
constant, g=32.2 ft/sec?.

From what we have just learned, we will de-
termine (a) gas exhaust velocity, (b) engine
thrust in space, and (c) the effective exhaust
velocities at sea level and in space.

Solution

(a) From equation (1-6) the gas exhaust
velocity

ve=[F- Ael(pe - Pa)](g/w)
=[100000-760.8(10.7-14.7))(32.2/369.3)
=9040 ft/sec

Our calculation assumes a nozzle somewhat too
long for sea-level conditions, as indicated by
the fact that pe is smaller than p,; a pressure
“undershoot” and an exhaust velocity “over-
shoot” occurred. If no jet separation occurred,
i.e., if the nozzle remained “filled” to the exit
plane, the calculation is valid. The “penalty”
of incorrect nozzle length simply appears as the
negative thrust term de¢(pe—p3). If jet separa-
tion does occur within the nozzle, or if it is
combined with decelerating shock waves, the
situation becomes considerably more complicated
and requires elaborate mathematical treatment.
However, there should benoconcern at this point.
(b) From equation (1-6), we know that the dif-
ference in thrust between space and sea level is
Agpa. Since the nozzle selected was too long at
sea level, this thrust increase A,pg duringrocket
ascent will be obtained in two distinct steps.
First, by reduction of the negative thrust term
Ag(pe-pa) to zero. This will occur when pe = pg;
that is, when the rising vehicle reaches an alti-
tude where p, =10.7 psia, in our specific case.
As we have learned, this represents ideal expan-
sion. As the vehicle continues to ascend farther
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and eventually reaches “empty space” where
pa =0, the increase of the positive term
Ae(pe- pg) raises the thrust level farther. The
combined effect of the two phases, however, is
simply the elimination of pyA4e, provided the
nozzle is filled at all times.

Thus, we obtain engine thrust in space:

F=100000+760.8x14.7=111183.8 1b

{c) From equation (1-8) the effective exhaust
velocity at sea level results

c=vetAe(pe- Pa)(g/w)
=9040+760.8x(10.7-14.7)x(32.2/369.3)

= 8772 ft/sec
and in space

C=Ve +Aepe(g/W)
=9040+760.8x 10.7 x(32.2/369.3)
=9750 ft/sec

1.2 THE GAS-FLOW PROCESSES IN THE
COMBUSTION CHAMBER AND THE
NOZZLE

Since the analytical treatment of compressi-
ble fluids flowing through cylindrical ducts and
nozzles can be found in standard aerodynamics
and thermodynamics textbooks, no attempt will
be made here to derive basic equations governing
gas flows. Rather, significant applications of
those equations used in actual rocket design are
presented.

The parameters and terms applicable to gas
flows in a liquid propellant rocket thrust chamber
are shown in figure 1-3 and table 1-1. These
parameters serve to define the characteristics of
gas flow at various points within the thrust cham-
ber. Gas-flow calculations for rocket thrust-
chamber design usually assume the following
ideal conditions:

(1) Homogeneous gas composition

(2) Perfect gas

(3) No heat transfer through the motor walls

in either direction; i.e., adiabatic proc-
esses. If no increase in entropy occurs,
i.e., if the process is considered revers-

ible, it is additionally called an isen-
tropic process.

(4) No friction

(5) Steady flow rate

(6) One-dimensional flow (all gas molecules

move on parallel lines)

(7) Velocity uniformitv across any section

normal to chamber axis

(8) Chemical equilibrium established within

the combustion chamber and not shifting
in the nozzle.

Certain correction factors, usually empirically
obtained, will be applied to the results derived
from these ideal assumptions in the actual de-
sign of a rocket and for the prediction of its
behavior.

NOZZLE NOZZLE
INJECTOR PLANE lNL‘ET EXIT
R FRIys Tohse b RgVe.
B Vg O ANVLRLTLY, PoTeVy

INJECTOR - COMBLISTION NOZZLE
1 CHAMBER, e |

'y SUB/SONIC | NOZZLE THROAT SECTION X
; [ 4§ ATV PY, ayvi Py,

Pl | Tre Tx
| | | ‘
| I

I CONVERGENT i

| RO e e DIVERGENT NOZZLE e
|

|

VE |
| SECTION i t SECTION SUPER-SONIC |
| RJBISONC : SONIC FLOW ‘
| FLow . FLOW
; -+ THRUST CHAMBER —{
i , ASSEMBLY |
v, FLOW
| veLocrry
- M, FLOW
T

1 MACH NO.
|

1
: T,FLOW

| TEMPERATURE
i P,FLOW

M, PRESSURE

Figure 1-3.—Gas flow within liquid propellant
rocket thrust chamber.
The Perfect Gas Law

At any section X the perfect gas law states:

14'4vax:RTx (1'9)

The Principle of Conservation of Energy

In an adiabatic process, the increase in
kinetic energy of the flowing gases between any
two points is equal to the decrease in enthalpy.
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TABLE 1-1.—Terms Used in the Calculation of
Gas Flows

Local velocity of sound in chamber
and at nozzle throat (ft/sec);
(ar=yeyRTy).

Ac Cylindrical cross-sectional area of
chamber (in?).

Flow areas at nozzle inlet, throat and
exit; and at any section X normal to
axis (in?).

Specific heats for constant pressure
and for constant volume (Btu/1b° F).
I'4 Gravitational constant (32.2 ft/sec? at

sea level).

J Energy conversion factor (778 ft-1b/
Btu).

Mc, M;. M, Mg, My Flow Mach number (v,'a) at chamber;
nozzle inlet, throat and exit; and at
any section X normal to axis.

L Molecular weight of combustion

products.

Chamber total pressure at injector end
(1b/in?). Because of the relatively
low propellant injection flow veloc-
ities vipj, the measurable static
pressure at this station is generally
treated as equivalent to the total
pressure.

Nozzle stagnation pressure or chamber
total pressure at nozzle inlet (1b/in?);
(PcIns=pill+ f(y- VMY YL

Flow static pressures at nozzle inlet,
throat and exit; and at any section X
aormal to axis (1b/in?).

R Gas constant (1544/M) (ft/°R)

(Tedns Nozzle stagnation emperature or
chamber total temperature (°R).
(Todns = Till + 3 (y - DM;{]

Flow temperature at nozzle inlet,
throat, and exit; and at any section
normal to axis (°R).

Vinj Injector flow velocity =0 (by assump-
tion).

Flow velocities at nozzle inlet, throat,
and exit; and at any section X nor-
mal to axis (ft/sec).

ac, ag

AL At- Ae- Ax

Cp, Cy

(Pc)ing

(Pe)ns

Pi. Pt. Pe, Px

Tj. T;, Te. Tx

Vi. Vi, Ve, Vx

Vi. Vi, Ve, Vi Flow specific volumes at nozzle inlet,
throat, exit; and at any section X
normal to axis (ft3/1b).

W Steady weight flow rate (Ib/sec).

€ Nozzle expansion area ratio (Ae/Ay).

e Nozzle contraction area ratio (A¢/A4¢).

y Specific heat ratio (Cp/Cy).

Applied to a nozzle, this yields for unit weight
of gas flowing

1
28J

(1-10)

(vy?-vid)= Cp(Ti-Tx)

The Principle of Conservation of Matter

_ AxVx _ tant
—-1—44—V—x——CODS an

Ajvi

W_—_144Vi (1-11)

The Isentropic Flow Process
For any isentropic flow process the following
relations hold between any two points:

piVi¥ = pxV ¥ = constant (1-12)

and
Ti/Tx=(pi/px) Y~V Y= (Ve/V)¥~t (1-13)

Gas Flow Through Liquid Propellant Rocket
Combustion Chambers

The function of a liquid rocket combustion
chamber is to convert propellants into high-
temperature, high-pressure gas through combus-
tion which releases the chemical energy of the
propellant, resulting in an increase of internal
energy of the gas. Combustion chambers are
generally tubular, as shown in figure 1-3. The
liquid propellants are injected at the injection
plane with a small axial velocity which is as-
sumed to be zero in gas-flow calculation. The
combustion process proceeds throughout the
length of the chamber and is assumed to be com-
pleted at the nozzle inlet. As heat is liberated
between injection plane and nozzle inlet, the
specific volume of the gas is increased. To
satisfy the conditions of constant mass flow, the
gas must be accelerated toward the nozzle inlet
with some drop of pressure. In brief, the follow-
ing takes place:

The gas-flow process within the combustion
chamber, that is, within the volume upstream of
the nozzle entrance, is not entirely isentropic
but is a partly irreversible, adiabatic expansion.
Although the stagnation temperature or total
temperature remains constant, the stagnation
pressure or total pressure will decrease. This
causes permanent energy losses, which are a
function of the gas properties as expressed by v,
and of the nozzle contraction area ratio ¢; or
(Ac/A;). Wherever the acceleration of gases is
largely effected by expansion due to heat re-
lease, rather than by a change of area as in a
nozzle, the stated losses occur. The greater the




contribution of the nozzle, the more efficient is
the gas acceleration. Conversely, with no noz-
zle attached, the losses are maximum. The great
importance of ¢ to the thrust chamber design be-
comes apparent. It will be discussed further in
chapter IV.

Figure 1-4 shows the loss of total pressure
for two typical y values as a function of the
nozzle contraction area ratio ¢,. These data are
generally used in rocket design, and are calcu-
lated from the Rayleigh flow process.

Y =140

1.0 2.0 3.0
(CYLINDER }

Figure 1-4

Neglecting the flow velocity at the injecting
end, i.e., assuming viyj=0 and (pc)inj= Pinj. the
total pressure ratio (p¢linj/(Pc)ns can also be
expressed in terms of flow Mach number M; at
the nozzle inlet and of the specific heat ratio y:

(Pe)ing/(Pe)ns =

y-1
2

(1+y M2/ +55—= M2 =D (1-14)

For the reasons mentioned above, it is desirable
that the Mach number at the nozzle entrance be
small. A typical value for a thrust chamber with
a contraction area ratio of A./4;=2 is M;=
0.31(y=1.2). For the static pressure ratio, the
expression simplifies to

Piny/Pi=1+yM;? (1-15)

Gas Flow Through Rocket Nozzles

The prime function of a rocket nozzle is to
convert efficiently the enthalpy of the combus-
tion gases into kinetic energy and thus high gas
exhaust velocity. The nozzle is the most effi-
cient device for accelerating gases to supersonic
velocities. Rocket nozzles are conventionally
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of the converging-diverging De Laval type, with
the cross-sectional area decreasing to a minimum
at the throat and then increasing to the exit area,
as shown in figure 1-3. The flow velocity
through a nozzle increases to sonic velocity at
the throat and then increases further superson-
ically in the diverging section.

In practice it is assumed that the gas flow
through a rocket nozzle is an isentropic expan-
sion process, and that both the total temperature
and the total pressure remain constant throughout
the nozzle. The pressure ratio pt/(pc)ns be-
tween throat and chamber is called the critical
pressure ratio and is solely a function of spe-
cific heat ratio

pr/(pens=[2/(y+ DY/ 7Y (1-16)
The static pressure p; at a nozzle throat with
sonic flow, where the maximum weight flow per
unit area occurs, is defined as critical pressure.
The velocity of sound is equal to the velocity of
propagation of a pressure wave within a medium.
It is, therefore, impossible for a pressure dis-
turbance downstream of the nozzle throat to in-
fluence the flow at the throat or upstream of the
throat, provided that this disturbance will not
create a higher throat pressure than the critical
pressure.

It is one of the characteristic features of an
attached diverging or De Laval nozzle, however,
that sonic velocity in the nozzle threat is main-
tained even if the back pressure (ambient pres-
sure) at the nozzle exit is greater than the pres-
sure required at the throat for sonic velocity. As
a result, a pressure adjustment (recovery) must
take place between the throat and the nozzle
exit (ambient pressure). This adjustment may
take place through subsonic deceleration (isen-
tropic), or by way of nonisentropic discontinui-
ties called shock waves, or by a combination of
both. Figure 1-5a represents several of the pos-
sible conditions that may occur in a overex-
panded nozzle. The situations shown represent
cases of an overexpanded nozzle which was
mentioned earlier.

We see that pressures lower than ambient may
be obtained in a supersonic nozzle. The higher
ambient pressure cannot advance upstream within
the nozzle, however, since the gases are flowing
with supersonic velocity. An exception is along
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Figure 1-5.—a, Effect of incorrect nozzle length
and of jet separation on thrust F; b, pressure
distribution in overexpanded De Laval nozzle.

the nozzle walls, where, due to friction, a bound-
ary layer of slow-moving gases may exist. In
this subsonic boundary layer, ambient pressure
may advance for a distance, forcing the low-
pressure center jet away from the walls. It might
be expected that the point of separation will be
at the point of optimum expansion. Actually, in-
fluenced by wall friction, nozzle divergence
angle, and other factors, separation usually oc-
curs further downstream. In fact, it rarely occurs
at all in conventional rocket nozzles within their
design region of operation, unless an extreme
case of overexpansion exists or unless exces-
sive nozzle divergence angles are chosen. Thus,
in many cases it is correct to base all nozzle
calculations on the assumption that no separa-
tion occurs; i.e., that the nozzle is “filled” at
all stations (see fig. 1-5b).

Following are some significant and useful
relations for an ideal gas flow through a rocket
nozzle:

Theoretical exit velocity:

r1
_ 428y Pe

2
=7 d1-(= 2 qm
ve= Y7o1 BTl 1 (m) wvit (117)

7
or
y—1
28y Pe \ v
Ve=4 — R(T 1- (1-18
e y-1 (Tedns ((Pc)ns) )
Theoretical gas weight flow rate:
yii
, gy[2/(y+ OIY!
W=A4 _— 1-19)
C(pC)nS R(Tc)ns (
Theoretical nozzle expansion ratio;
1 L
( 2 \Y"1[(pe)ns}”
Ae y_+1) Pe .
=4 " = (1-20)
y+1 1_( Pe >
y-1 (PcIns
At the throat:
y-1
9 -
= (pons [ 7] (1-21)
’ 28y
V= mR(Tc)ns (1-22)
At any section X between nozzle inlet and
nozzle exit:
pais
y-1
LI | (123)
A, My v+l
2
At any section X between nozzle inlet and the
nozzle throat:
. Z+1
% Ay-1)
2 ((Pc)ns)
A +1
Lx Px (1-24)
Ay =1

_2_ ((Pc)ns) Y -1
y-1 Px



At any section X between the nozzle throat and
the nozzle exit:

1

1
Y-t ((Pc)n s> Y
) Px

( 2
Ay y+1
—_ 1-25
3 S ( )
y+1 ) ( Px ) ¥
2"‘1 (Pedns
bl
2gy Dx >}’
=% —R 1- 1-26
Vs y-1 (Tedas ((Pc)ns (1-26)
y-r
, Y
Vi_4)rt1 1_(_5"_) (1-27)
Ve y-1 (Pchns

Variations of isentropic pressure ratio and Mach
number with the area ratio in the convergent and
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divergent sections of a De Laval nozzle are
shown in figure 1-6.

Useful values of functions of the specific
heat ratio y are listed in table 1-2.

Sample Calculation (1-2)

The following data are given for the thrust
chamber of an ideal liquid propellant rocket
engine: thrust chamber propellant flow rate,

Wec = 360.7 Ib/sec; nozzle stagnation pressure,
(Pc)ns=1000 psia; chamber total temperature,
(Te)ns=6540° R; product gas molecular weight,
T =22.67; gas specific heat ratio, y=1.20; noz-
zle expansion area ratio, ¢=12. The following
conditions are also assumed: flow Mach number
at injecting plane, Minj =0; flow Mach number at
the nozzle inlet, M;=0.4. (In practice, thrust
chamber design values for M; range from 0.15 to
0.45.)

MACH NUMBER M,

0.1 0.2 0.5 | 2 3 4 5 10
100 TS
'l r "
I d
1 Ty
s '___,ZI
50 ','4,"/7[' 9%
Y
s '/J/' 1
ViA LA
/1 A’%qy, -
/7/ th d
1
. 20 /7‘ AT
g i
> DIVERGING / Wy
< Y el 10— A i
g y;l.l5-\:\\ /// / . ,,1
< |0 Y= 1,20 o . ¥
@ n . N
Y= .25~ S :L'L"
I g y: 130~ >(//,1 S
[}
@ y=1.40 z&]/ W, DIVERGING £ ‘r'f
e 110 — | h
5 7 Y ~_ N
4 p A Y= 1.20 = ',7,‘1
=130
CONVERGING /1%7 Yol a0t
3 —~y=1.40 / 7 \f&,'
y= 1.10 // " i
2 N MACH NUMBER 40’
PRESSURE_RATIO ’ RN 3 Y
vs - I
AREA RATIO CONVERGING .J
'~ P
1 I l [ [Seip b=
| 2 3 4 56 8 0 20 50 100 200 500 1000
PRESSURE RATIO (Pe) ns/Px

Figure 1-6.~Variations of isentropic pressure ratio and Mach number with area ratio in converging and
diverging sections of De Laval nozzle.
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TABLE 1-2.—-Useful Values of Functions of the
Specific Heat Ratio y

2gy y-1 2 v (y-1 2 (y+1}- (y-1)

r et 7 |G WG

1.10 {26.61 [0.0909 0.5847 0.6590
1.15 |22.21 1304 5744 6848
1.20 {19.65 .1667 .5645 7104
1.21 119.26 | .1736 .5626 7155
1.22 118.89 .1803 .5607 .7205
1.23 {18.55 .1870 .5588 7257
1.24 |18.23 .1936 .5569 7307
1.25 [17.94 .2000 5549 7356
1.26 {17.66 2064 .5532 7408
1.27 [17.40 2126 5513 7457
1.28 (17.15 .2188 5494 7508
1.29 |16.92 .2248 5475 ,7538
1.30 [16.70 .2308 5457 .7608
1.33 |16.10 .2481 .5405 L7757
1.36 115.59 | .2647 .5352 7906
1.40 {15.01 .2857 .5283 .8102
1.50 |13.89 .3333 .5120 .8586
1.60 [13.10 | 3750 .4968 .9062

Determine the following: (a) flow static pres-
SUres: pinj, Pi. Pt. Px at Ax/A;=4, and pe; (D)
flow temperatures: Tipj, Ti, Tt. Tx. Te; ()
flow specific volumes: Vipj, Vi, Vi, Vy, Vel
(d) flow velocities: vj, v¢, vy, Ve; flow Mach
numbers: My, Mq; (f) flow areas: A, 4j. 4,
Ay, Ae. -

Solution

(a) Flow static pressures:
From equation (1-14):

4

o PTAR AL Y
(pc)inj=(pc)ns (1 +yMi Y1+ 5~ i

1000 (1H0.16x1.20) _1.192_ 1500 oy
0.2 6) 1.1

(1 +—§—x 0.1

Since, by assumption, Mjn;=0
Pinj=(pc)inj=1082 psia
From equation (1-15)

1082 1082
Pi = Piny/(1+ YMiD)= o vaa 50~ 1152

=909 psia

From equation (1-21):
e
2 -t _ ‘
pt= (Pc)ns[m] =1000x 0.564 = 564 psia

From figure 1-6 or equation (1-25) at
Ax/At:4

1 1000 .
Px=(Pcins X33 53 =43.5 psia

From figure 1-6 or equation (1-20):

(PcIns _ 1000 _ .
Pe=T015 1015 o o0 PSid

(b) Flow temperatures:
Since (T¢)iny=(T¢)ns = constant and Mip;=0

Tinj = (Tc)inj =(Tedns=6540°R

By definition:

(Tedns

T o - v

6540 6540
“1+0.1x0.16 1.016

=6440° F

From equation (1-13):

}/—1
pe 17

(Pc)ns

T, :(Tc)ns[ =6540x0.909=5945° R

P 1Yy
Ty=(To)ns [(——

=6540 x .- =3880°R
Pelns

1.686

Pkl

De Y B 1 o
Te=(Tedns (Pc_)ns _6540)(2.16—3025 R

(¢) Flow specific volumes:

1544 1544 _
R 7326778
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From equation (1-9):

RTinj 68x6540

Vinj=137 Pin; 134 T053 - 2-846 cu ft/Ib
Vi :%:%:3.34 cu ft/1b

Vi :%:%2—3:4.97 cu ft/lb

Vi = 1’:5;": 16 f4xx3f§%:42.1 cu ft/1b
Ve =ilx  88x3025 100

“13dpy 144x9.85

(d) Flow velocities:
Since the sonic velocity aj=\/gy RT;

vi=M;jaji=0.4x32.2x1.2x68x6440=0.4x4110
=1646 ft/sec

Vi=M@a,=1x32.2x1.2x68x5945=23958 ft/sec

From equation (1-26):

y=1
28y Px

v
Vx= 7:‘1 R(Te)ns |1- ((_m)

=1/6540x64.4 x6 x 68 x [1 - 0.593]
=1/64.4 %6 x 68x 0.407 x 6540

= 8360 ft/sec

From equation (1-18):

y-1

28y Pe ¥
Vo= & ——R(T 1-{——
e y-1 (Tedns ((Pc)ns)

=1/64.4x 6 x 68 x6540 x 0.543 = 9760 ft/sec

(e) Flow Mach numbers:
Since

ay=\8 RTx=\32.2x 1.2 % 68 % 3850 = 3226 ft/sec

_Vx_8360
*“ay 3226

=2.59

de=\EyRTe=132.2> 1.2 x 68 %3025 = 2820 ft/sec

Ve 9620 _
M= "5890 %43

(f) Flow areas:
From equation (1-11):

144WeeVi 144%360.7x3.34 L,
Aj = v = 1646 =105.4 in

Ac=A;=105.4 in?

144WieVr 144x360.7x4.97

- in 2
. o 3958 65.4 in
144 WieVx 144x360.7742.1 in?
= - - 3360 =261.8 in
or
Ay=4xA,=261.8 in?
144 WV 3
Ao= teve 144> 60‘7X145‘1:782 in2

Ve 9670

or

Ae=12x Ay =782 in?

1.3 PERFORMANCE PARAMETERS OF A
LIQUID PROPELLANT ROCKET ENGINE

The performance of a rocket engine is ex-
pressed by a quantity commonly called “specific
impulse,” Is. If impulse imparted to the vehicle
and propellant weight consumption were meas-
ured during a given time interval, I would have
the dimension lb-sec/lh. In practice, thrust is
usually measured, in conjunction with propellant
weight flow-rate measurements. This vields the
same dimension: 1b/(lb/sec). Is may thus be
expressed as

Is=F/W (1-28)

Since weight is the force exerted by a mass
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on its rigid support under the influence of gravi-
tation (by convention at sealevel on Earth), it has
become accepted practice to measure /g in “sec-
onds,” by canceling out the terms for the forces.
Obviously, the expression does not denote a
time, but rather a magnitude akin to efficiency.
15 directly contributes to the final veloczity of
the vehicle at burnout and thus has a pronounced
effect on range or size of payload, or both. This
will be shown further below in connection with
equation (1-30).

It is important to state whether a specific im-
pulse quoted refers to the thrust chamber assem-
bly only (Is)tc, or to the overall engine system
(Is)oa. Often, the distinction may not be self-
evident. It is important, therefore, to state
accurately to what system the quoted specific
impulse refers. For instance, in a turbopump fed
system, overall engine specific impulse may in-
clude turbine power requirements, vernier, and
attitude control devices. All of these may be
fed from one or all of a given vehicle’s propel-
lant tanks. If they are properly considered, the
user, in this case the vehicle builder, will obtain
the correct value for his own optimization stud-
ies, which include propellant tank sizes, payload
weight, and range, among other parameters.

In many instances, statement of the specific
impulse (Ig); for the thrust chamber only may be
desirable, such as during the component develop-
ment period of this subassembly. Since, in that
case, those propellant demands which are inade-
quately or not at all contributing to the genera-
tion of thrust are not included, the specific
impulse stated will be higher than for a complete
system, by 1 to 2 percent, as a rule. The spe-
cific impulse thus stated would be too high for
the vehicle builder, who must consider the sup-
ply of propellants to the auxiliary devices men-
tioned above as well. If, due to improper identi-
fication of Ig, a thrust chamber value were used
as an engine value, the consequences would be
serious. This becomes clear, if one realizes
that when relying on a better-than-actual value,
propellant tank sizes would be designed too
small, resulting in premature propellant deple-
tion. This would eliminate the last seconds of
required burning time, when the vehicle mass
being accelerated is near empty weight and
acceleration, therefore, is near maximum., A
substantial loss of range for a given payload

would result. The situation would be further
complicated by the fact that it is nearly impossi-
ble to improve the specific impulse once an en-
gine and thrust chamber have been designed, for
a given propellant combination.

Another important performance parameter is
the propellant mass fraction Rj of the complete
vehicle, of which the engine system is a part.
The propellant mass fraction is defined as

_Usable propellant mass
P~ TInitial rocket mass

(1-29)

where the initial rocket mass is equal to the sum
of the masses of the engine system at burnout,
the structure and guidance system, the payload,
and the propellant. The significance of the pro-
pellant mass fraction can be illustrated by the
basic equation for the rocket burnout velocity
Vpo (ft/sec)

Vbo=Cye - 8Us)oa In (1-30)

1
1-Rp
where the coefficient Cy. corrects for the effects
of aerodynamic and gravitational forces. It is
composed of several parameters which vary with
type of trajectory and with elapsed time during
flight. Although they are of no concern here,
they are of great importance to the vehicle
builder. Also, they cannot be neglected for
rigorous engine design analyses which must in-
clude trajectory information.

Thrust Chamber Specific Impulse (/g);.

The overall performance of the liquid propel-
lant thrust chamber is a direct function of the
propellant combination, the combustion effi-
ciency of propellants in the chamber, and the
product gas expansion performance in the noz-
zle. The expression for (Ig);c may be obtained
in several ways:

From equation 1-28:

F
Ushte Vo (1-31)
tc
Combine equations 1-31 and 1-7:
c
(Is)te 2 (1-31a)
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The effective exhaust velocity ¢ may be further
defined as the product of two convenient param-
eters, c* and Cy

c=c¢c*Cy (1-31b)
where the characteristic velocity c* in feet per
second (commonly pronounced “cee-star”) is a
parameter primarily used to rate the propellant
combustion performance. The thrust coefficient
Cr is a dimensionless parameter used to measure

the gas expansion performance through the noz-
zle. Combine equations 1-31a and 1-31b:

c*C¢
4

(Ishc= (1-31c)

While I and Rp are of ultimate importance to the
missile or space vehicle builder, both ¢* and Cry
are of great and early importance to the engine
and thrust chamber designer and developer.

Characteristic Velocity c*

In a system with sonic velocity at the throat,
the quantity c* reflects the effective energy
level of the propellants and the design quality of
injector and combustion chamber. It may be de-
fined by the following expression:

(PeInsAig
Wie

c*=

(1-32)

This form shows that ¢* measures combustion
performance in a given combustion chamber by
indicating how many pounds per second of pro-
pellant must be burned to maintain the required
nozzle stagnation pressure. A lower value of
propellant consumption W under the given condi-
tion indicates a combustion process of higher
energy and efficiency and gives a corresponding
higher value of c*. By substituting Wy with
equation 1-19 in equation 1-32, the equation for
theoretical c* may be rewritten in the following
form:

o= vVEyR(Tc)ns

(1-32a)

This form shows that c* is a function of the
properties of the combustion product gas at the
exit of the combustion chamber, i.e., at the noz-
zle inlet, namely, specific heat ratio y, gas
constant R, and temperature (T¢)ps.

Thrust Coefficient Cy

The quantity Cy reflects the product gas ex-
pansion properties and design quality of the
nozzle. Combining equations 1-31, 1-31c, and
1-32, the expression for theoretical Cs may be
written as:

F
Cf—At(Pc)ns (1-33)
This form shows that Cy measures the force aug-
mented by the gas expansion through the nozzle
as compared with the force which would be gen-
erated if the chamber pressure acted over the
throat area only. By combining equations 1-6,
1-18, 1-19, and 1-33, the equation for theoretical
C¢ at any altitude may be rewritten in the fol-
lowing form:

y+I y—1

94,2 y-1 Y
oYL ()

y-1lly+1 (Pedns

Pe ~ Pa
e [(pc)ns] (1-33a)

Equation 1-33a shows that Cy is a function of
specific heat ratio y, chamber pressure (p¢)ps.
ambient pressure p,, and the nozzle area expan-
sion ratio e.

As will be noted, the throat stagnation pres-
sure (pe)ns has been used in equations (1-32)
and (1-33). This has been the practice in indus-
try and in most of the literature. Briefly, the
reason is that (p¢)ps reflects the true theoretical
gas property at combustion chamber exit, i.e., at
the nozzle inlet, and gives a more logical value
to c* and Cy. In actual operation the true value
of (pc)ns cannot be measured. (pc)ns is mathe-
matically converted from the measured value of
the gas static pressure at the injector, pjnj. The
accuracy of this calculated value has to be veri-
fied by the test results. Likewise, the gas prop-
erties, and thus the specific heat ratio y which
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additionally changes along the chamber axis,
affect the true values of ¢* and Cy. This will
have to be verified by actual test results.

To understand better the nature of Cy and the
design parameters which influence it, let us first
rearrange equation (1-33):

F=(pc)ns-Ai-Crt (1-39)

The formula expresses that the thrust gener-
ated by a thrust chamber (the effect) is produced
by pressure (the cause) as a function of the
physical properties of the chamber itself. The
relationships and effects of the principal design
parameters become clearer if we proceed in steps
as follows:

Assume we wish to generate a certain thrust F.
Our chamber is a straight cylinder (fig. 1-7).
The pressure in this chamber has a very small
effect on the cylindrical wall (the forces normal
to the chamber axis will cancel each other), ex-
cept for effects of friction, which we will ne-
glect. There is no part of the chamber for the
pressure to act upon at the exit. The only cham-
ber area upon which the pressure can act is the
injector plate. Since, for the cylindrical cham-
ber, the injector area 4; is equal to A;, we can
write:

Feyl= Pinj <A (1-35)
For the reasons explained above, we rewrite to
include (p¢)ns:

Fey1=(pe)ns - Ac- Ct, (1-36)

Since (Pc)ns is smaller than pjpj (fig. 1-4), the

INJECTOR . - -

D e e et e e =

Figure 1-7

coefficient Cfl is introduced to correct for this
fact. For instance, if the ratio (pc)ns/pinj Was
found to be 0.8 from figure 1-4, C¢ would have
to be 1.25 to offset the introduction of (p¢)ns.
As will be seen, the use of a thrust coefficient
of 1.25, for instance, in a straight cylinder
thrust chamber for which (pc)ns/pinj is 0.8, is
merely part of a mathematical rearrangement, but
does not signify an increase in thrust for a given
Pinj.

It is noted that the combustion chamber in-
cluding injector will have to produce the required
pressure (p¢)ns with a flow rate, the magnitude
of which is determined by c* and by the throat
area A;. Transformation of equation (1-32)
shows the relationship:

; |
“W,..c*.
(PcIns=Wic A&

(1-37)

In actual practice, the value of c* for a given
propellant combination and thrust chamber design
is arrived at tentatively from existing experience
and is subsequently refined during development
testing.

Let us now redesign our cylindrical thrust
chamber, as shown in figure 1-8. Maintaining
the same throat area A, =A4,, we enlarge the
combustion chamber including injector to a diam-
eter somewhat larger than that of A;. The flow
rate remains Wie.

In the straight cylindrical chamber (fig. 1-7),
the gas velocity was sonic at the end of the
cylindrical chamber portion, which coincided
with A; and 4. From earlier discussions (see
sec. 1-2), we know that expansion (acceleration)
is nonisentropic in that case. In the redesigned
chamber (fig. 1-8) by contrast, gas velocities are
still well below sonic velocity at the end of the
cylindrical portion. Most of the acceleration to
sonic velocity will now occur in the added, con-
vergent nozzle. Since we can make the assump-
tion, which is essentially correct, that the com-
bustion process is complete at the end of the
cylindrical chamber portion, the subsequent
expansion (acceleration) in the convergent noz-
zle is assumed to be isentropic; i.e., to occur
without further total pressure losses. Since we
keep Wtc and A, constant, and assume that c*
remains unchanged, the nozzle stagnation pres-
sure (Pe)ns, too, will retain the same value as in
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the case of the straight cylindrical chamber.
However, because of the reduced pressure losses
in the combustion chamber, the required total
pressure at the injector end will definitely be
lower.

The redesign, then, has the favorable result
that, for instance, in pressurized systems, the
same propellant flow rate can be sustained with
lower tank pressures, thus, slightly lighter tanks
can be used. In turbopump-fed systems, required
turbopump horsepower will decrease. However,
the forces acting upon the thrust chamber, and
thus the developed thrust, can be assumed to
have remained unchanged, since a lower pres-
sure acts upon the larger injector, and since
opposing forces are present at the converging
nozzle.

In short, it may be stated that our redesign
(fig. 1-8) results in reduced demands on the pro-
pellant feed system for the same W and the
same thrust level.

We now proceed to further redesign the cham-
ber to include a divergent nozzle section, as in
figure 1-9. Up to the throat area, nothing
changes over the preceding configuration, which
includes a convergent nozzle only. Since the
gas velocity in the throat area is always sonic
(except for very low, subcritical chamber pres-
sures), the attachment of the divergent nozzle
section, likewise, will have no effect on the
previously described gas processes and the
pressures upstream of the throat. However, con-
ditions downstream from the throat are now
different.

With the cylindrical chamber, and the chamber
with convergent nozzle, the static pressure
energy available at the throat p, is dissipated by

% 5‘;’534 5‘?}.'54: AP

INJECTOR

Figure 1-9

expansion to atmospheric pressure, flowing
freely in all directions. By attaching a diver-
gent nozzle, we prevent the gases from dissipat-
ing at random, and further accelerate the gases
in one preferred direction only. Since this proc-
ess takes place in the divergent part of the
thrust chamber, the static pressures of the ex-
panding gases produce a force on the chamber,
as indicated by the arrows in figure 1-9. The
expression of the thrust for the complete thrust
chamber with convergent-divergent nozzle can
now be written as:

At Ainj Aj
Fic :f pdA+f pdA —f pdA
0 Ay Ay
Ae
+[ pdA (1-38)
A

The last expression in the equation represents
the gain realized from attaching the divergent
nozzle to the throat. By combining all gains
into a single coefficient C¢ (see eq. 1-33), we
arrive again at equation (1-34):

F=(pcins-4c-Ct

In brief, it may be stated that the redesign
(fig. 1-9) results in an increased thrust level, for
the same W, and the same feed system config-
uration.

Summary of the Influences of p,, ¢, y, R, and
{Pe)ns on Engine Performance

The Effect of p,

An ambient pressure p; reduces the vacuum
thrust F of an engine by the amount p; - 4¢. (See
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eq. (1-6).) Cyis similarly affected by the amount
€+ Pa/(Pc)ns, s shown in equation 1-33a). This
may be rewritten as Cr=(Cp)vac ~€¢* Pa/(Pc)ns-
The lower the ambient pressure, the higher
thrust and performance. Maximum values are ob-
tained in vacuum.

The Effect of ¢

Optimum thrust for a given ambient pressure
is obtained when the nozzle expansion area ratio
€=Ae/Ar is such that pe=p;. This may be seen
from figure 1-10. If the divergent nozzle section
is extended in the region where pe> pa, thrust
will increase. Where pe < pa, however, lengthen-
ing of the nozzle will decrease thrust. Hence it
would be beneficial to design the nozzle to yield
Pe = Pa, to reach an optimum value for the thrust
coefficient. The ¢ for this condition is called
optimum nozzle expansion area ratio. Unfortu-
nately, because of changing ambient pressure
during flight, no one single ¢ is optimum. Opti-
mization studies are usually made to determine
the best compromise. Such a study is not re-
quired (except for weight and size considera-
tions) for rockets which start and stop at the
same ambient pressure, such as upper stages,
where ambient pressure is zero or near zero at
all times. For the special case of ps =0 (vacuum
conditions), ¢ would become infinity, to satisfy
“ideal expansion.” Even for this case, however,
expansion ratios over 25 contribute little. The
nozzle design is usually “cut” at this point,
mainly for weight considerations. This leaves a
small positive pressure at the exit which is un-
available for final gas acceleration. However, it
still contributes as a positive term pe - Ae.

The Effect of y

The specific heat ratio is an indication of the
energy storing capacity of the gas molecule. A
smaller value of y indicates a higher energy-
storing capability, and in turn gives higher en-
gine performance. As shown in equations (1-32a)
and (1-33a), a smaller y will yield a higher value
for both, c* and C;. The influence of the prop-
erties of the selected propellants and of the
combustion products is apparent.

The Effect of R(R=1544/M)

It can be seen from equation (1-32) that for
constant (T¢)ns, c* will increase if the gas

P
1
]
(PcINS Pe >Py Py <Py
= CONST.
/\;. Pa
oanw\M§‘\§

EXPANSION

- OVER

EXPANSION

UNDER
EXPANSION

(VARIABLE NOZZLE LENGHT)
Figure 1-10

constant R increases; i.e., the gas molecular
weight decreases. Thus, a higher value of R
will yield a higher engine performance.

The Effect of (pc)ns

The effective chamber pressure or nozzle
stagnation pressure (pc)ns appears in equation
(1-33a) for Cy in the form of two pressure ratios
Pe/(Bc)ns and pa/(Pe)ns. As is evident from
equation (1-20), the ratio pe/(pc)ns has a singu-
lar value, for a given € and y. (pc)ns in equation
(1-33), therefore, influences Cr only through the
negative term -p3/(pc)ns. An increase in (pe)ns
decreases this negative term and hence in-
creases Cy. This effect is more pronounced
when p, is high. Since the thrust is proportional
to both (pe)ps and Cy, we see now clearly how
an increase in (p¢)ps in a given thrust chamber
will increase the thrust.

(Pc)ns also has some effect on the combus-
tion process. Increasing (p¢)ns tends to in-
crease (T¢)ps and to reduce y and R. The over-
all result is usually an increase in c*. However,
these effects are slight, especially at (p¢)ns
above 300 psi.

Correction Factors and Magnitudes of Engine
Performance Parameters

The actual performance of a liquid propellant
rocket engine differs from that of an ideal one
because of friction effects, heat transfer, non-
perfect gases, nonaxial flow, nonuniformity of
working substance and of flow distribution, and

Ay
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shifting gas composition. The latter refers to
the fact that the gas properties (y, Y, R) are not
truly constant along the nozzle axis, as the
isentropic treatment of the processes assumes.
Therefore, correction factors have to be applied
to the performance parameters which are derived
from theoretical assumptions. Following are
some important correction factors:

Correction factor for thrust and thrust coefficient

Actual thrust
_ _coefficient _ Actual thrust
™~ Tdeal thrust  Ideal thrust
coefficient

(1-89)

The values for 7r range from 0.92 to 1.00.

Correction factor for effective exhaust veloeity
and specific impulse

Actual effective  Actual specific
_exhaust velocity impulse

" ldeal effective ~ ldeal specific
exhaust velocity impulse

nv (1-40)

The values for 7y range from 0.85 to 0.98.
Correction factor for characteristic velocity

. Actual characteristic velocity
" ="Ideal characteristic velocity

(1-41)

The values for 7¢* range from 0.87 to 1.03.
Correction factor for propellant mass flow rate

~ Actual propellant mass flow rate
™ = Tdeal propellant mass flow rate

(1-42)

The values for ny range from 0.98 to 1.15.

The relation between correction factors may be
expressed as:

nv=nv* e (1-43)

nv=1/nw (1-44)

Actual ranges of liquid propellant rocket engine
parameters are listed in table 1-3.

TABLE 1-3

Gas temperature, T. . .. .. ... ... 4000°R to 7000° R
Nozzle stagnation pressure (pclns .. 10 to 2500 psia

Molecular weight, W ... ... . .... 21030

Gas constant, R. ... ... ... .. ..., 51.51t0 772
Gas flow Mach number, M. . . . 0to 4.5
Specific heat ratio, y ... ... A 1.13 t0 1.66
Nozzle expansion area ratio. ¢ ... .. 3.5 to 100
Nozzle contraction ared ratio, ¢c ... 1.3t0 6
Thrust coefficient, Cy ..... ... ... 1.3t0 2.0

Characteristic velocity, ¢* . . ... .. 3000 to 8000 ft/sec

Effective exhaust velocity, ¢ .... . 4000 to 12000 ft/sec

Specific impulse, Ig ....... ... .. 150 to 480 sec
(vacuum)

Values of the vacuum or altitude thrust coeffi-
cient (Cf)y, ¢ plotted as functions of nozzle ex-
pansion area ratio ¢ and gas specific heat ratio y
are shown in figure 1-11.

Sample Calculation (1-3)

Assume a thrust chamber for the same ideal
liquid propellant rocket engine as given in sam-
ple calculation (1-2), in which Wm:360.71b/sec;
(pc)ns = 1000 psia; (Telns=6540°R; W =22.67;
¥y=1.20; e=12.

Determine the following: (a) Theoretical c*;
(b) theoretical Cy at sea level and in space;

(c) theoretical (/5)ic at sea level and in space;
(d) actual c*, if c¢* correction factor ny*=0.97;
(e) actual Cy at sea level and in space, if sea
level Cy correction factor: nf=0.983; (f) actual
(Is)ic at sea level and in space; (g) (Js)ic cor-
rection factor at sea level; (h) thrust at sea
level and in space; (i) actual A, and Ae.

Solution

(a) From equation (1-32a):

VE&YR(Telns

ri
2 Y1
5)

1544
) ‘/32.2 x1.2 x 22.67X 6540

0.7104

Theoretical ¢*=

=5830 ft/sec

(b) From equation (1-33a):

i
af
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Figure 1-11.-Altitude thrust coefficient as function of area ratio and specific heat ratio.
v Y+ y-r =1.65-0.0582
2y 1 9\ [ Pe \ 7
Theoretical C¢= -—-) 1-{ —— =1.5918
! y-1 ()’+ 1 ((pc)ns)
Pe - Pa In space:
€
(Pe)ns 14.7
Theoretical C¢=1.5918+12x+=—-==1.,5918+0.1764
. 1600
From sample calculation (1-2)
Pe =9.85 psia: - 1.7682
At sea level ps=14. ia;
ea level pa=14.7 psia (c) From equation (1-31):
Theoretical Cr=2.247 x VI 9.85 \° c*-Cy
f=< 1000 Theoretical Ig= Z
9.85-14.7
+12x 1000 At sea level:
5 .
=2.247xyT-0.4695 - 285212 Theoretical (I5);c = 2000 L1:9918 _ 500 41p sec/1b

1000 32.2

=2.247x0.734-0.0582 In space:
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_5830x1.7682

Theoretical (Jg)ie = 355 =319.61bsec/lb

(d) From equation (1-41):

Actual c* = ny* - theoretical c*

=0.97x5830=5650 ft/sec
(e) From equation (1-39):
Actual Cyr= 7y -theoretical Cr
At sea level:
Actual C¢=0.983x1.5918=1.566
In space:

L 14.7
Actual Cr=1.566+12x 1000

=1.566+0.1764=1.7424
(f) At sea level:

_5650x1.566

Actual (Ig)yc= 35 5 275 1b sec/lb

In space:

Actual (I9)rc :@%12"—424 =306 b sec/Ib

(g) From equation (1-40):
(Is)ic correction factor _Actual (Is)ic at sealevel

nv at sea level  Theoretical (Jg)ie at
sea level

275 .
3854 0-94

Or from equation (1-43):
v y* - r=0.97%0.983=0.954
(h) From equation (1-31):

Thrust F at sea level=W,. - (Is)ic at sea level

=360.7x275=99200 Ib

Thrust F in space = W - (Ig)ic in space

=360.7=x306=108500 lb
(1) From equation (1-33):

F _ 99200

A “Cr (po)ps  1.566 1000

=63.4 in?

Ag=¢-A=12x63.4=760.8 in?

1.4 LIQUID ROCKET PROPELLANTS

The term “liquid propellant” is used to de-
fine both liquid oxidizers (liquid oxygen, liquid
fluorine, nitric acid, etc.) and liquid fuels (RP-1,
alcohol, liquid hydrogen, etc.). In some cases
additives are used (water, ferric chloride, etc.).
The propellants furnish the energy and the work-
ing substance for the rocket engines. The
selection of the propellants is one of the most
important steps in the design of an engine. It
greatly affects overall engine system perform-
ance as well as the design criteria for each
engine component. The propellant selection in
turn is influenced by price, supply, handling, and
storage considerations.

Monopropellants

Liquid monopropellants may be either a mix-
ture of oxidizer and combustible matter, or a
single compound which can be decomposed with
attendant heat release and gasification. A
rocket monopropellant must be stable in a natural
or controlled environment, yet should produce hot
combustion or decomposition gases when pres-
surized, heated, or fed through a catalyst. A
liquid monopropellant engine system usually
does have the advantage of simplicity of tank-
age, feed plumbing, flow control, and injection.
Unfortunately, most of the practical monopropel-
lants, such as hydrogen peroxide (H,0,), have a
relatively low performance. Thus, they are
mainly used as secondary power sources in
rocket engine systems, such as for turbopump
gas generators and auxiliary power drives, and
for attitude and roll control jets. Certain high-
performance monopropellants, such as methyl
nitrate (CH,;NO,), are rather unstable and are
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considered unsafe for rocket applications. How-
ever, some monopropellants promising relatively
high-performance and safer operational charac-
teristics have been under development recently.
If successful, these may effect wider application
of liquid monopropellant engines.

Bipropellants

In a liquid bipropellant system, two different
propellants are used, usually an oxidizer and a
fuel. Separate tanks hold oxidizer and fuel
which are not mixed until they reach the combus-
tion chamber. Present-day liquid propellant
rocket engines use bipropellants almost exclu-
sively because they offer higher performance,
combined with safer operation.

The combustion of many bipropellant com-
binations is initiated by ignition devices such
as: (a) chemical pyrotechnic igniters, (b) elec-
tric spark plugs, (c) injection of a spontaneously
ignitable liquid fuel or oxidizer (“pyrophoric
fluid”) ahead of the propellant proper, (d) a small
combustor wherein ignition is started by devices
(a) or (b), in turn starting the main chamber by
the hot gas produced.

Other bipropellant combinations ignite spon-
taneously upon mixing. Those combinations are
defined as hypergolics and permit greatly simpli-
fied ignition, but pose certain hazards. For
instance, accidental mixing of the fuel and oxi-
dizer due to tank and other hardware failures
could cause a violent explosion. These hazards
must be considered when designing an engine
system using hypergolic propellants.

Cryogenic Propellants

Some liquid propellants are liquefied gases
with a very low boiling point (-230° F to -430°F)
at ambient pressure and a low critical temper-
ature (10° F to -400° F'). These propellants are
defined as cryogenics. The most common cryo-
genic propellants for rocket applications are
liquid oxygen (O,), liquid hydrogen (H,), liquid
fluorine (F',), and oxygen difluoride (OF,), or
mixtures of some of them. Cryogenic propellants
pose storage and handling problems. Elaborate
insulation must be provided in order to minimize
losses due to boiloff, the complexity depending
on storage period and type of cryogenic. Re-
cently, novel insulating techniques have been
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under development which should greatly reduce
these losses. Adequate venting systems are
needed for the developed gases. Storage and
handling equipment and their components are
extremely sensitive to atmospheric or other
moisture; even minute quantities may cause a
jamming of, for instance, a valve. Likewise, the
design criteria, including materials selection for
engine systems using cryogenic propellants,
must consider the very low temperatures in-
volved. The mechanical design of engine com-
ponents for cryogenic propellant applications
will be discussed in subsequent chapters.

Storable Liquid Propellants

In contrast to the cryogenic propellants, cer-
tain other liquid propellants are stable over a
reasonable range of temperature and pressure,
and are sufficiently nonreactive with construc-
tion materials to permit storage in closed con-
tainers for periods of a year or more. These
propellants are defined as storables. Storable
liquid propellants permit almost instant readiness
of the rocket engine and may result in greater
reliability due to the absence of extremely low
temperatures and the need to dispose of boiloff
vapors. Their application to military vehicles
as well as to the upper stages of space vehicles
has increased significantly during recent years.
The mechanical design of storable liquid engine
components will be further discussed in subse-
quent chapters.

Additives for Liquid Rocket Propellants

Sometimes, additives are mixed into liquid
propellants for one of the following reasons: (a)
to improve cooling characteristics; (b) to de-
press freezing point; (c) to reduce corrosive
effects; (d) to facilitate ignition; and (e) to
stabilize combustion.

Optimum Mixture Ratio

A certain ratio of oxidizer weight to fuel
weight in a bipropellant combustion chamber will
usually yield a maximum performance value.
This is defined as the optimum mixture ratio. As
a rule, the optimum mixture ratio is richer in fuel
than the stoichiometric mixture ratio, at which
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theoretically all the fuel is completely oxidized
and the flame temperature is at a maximum. This
is because a gas which is slightly richer in fuel
tends to have a lower molecular weight. This
results in a higher overall engine systems per-
formance. The optimum mixture ratio of some
propellant combinations shifts slightly with
changes in chamber pressure. Also, in actual
application the mixture ratio may be shifted away
from the optimum value for one of the following
reasons: (a) lower chamber temperature to stay
within the temperature limitations of chamber
construction material; (b) required coolant flow;
(¢) improved combustion stability.

Density Impulse

In addition to the overall svstem-oriented
specific impulse which we thoroughly discussed
in paragraph 1-3, a quantity called "density im-
pulse” is an important propellant performance
parameter. It is the expression for the total
impulse delivered per unit volume of the propel-
lant. It is defined as:

Density impulse =/g - d (sec) (1-45)
wherein
d =bulk density or propellant combination,
spec. weight
g = wd) (1-46)
w1
dy df
I'w = (oxidizer/fuel) weight mixture ratio
do =bulk density of the oxidizer, spec. weight
d¢ =bulk density of the fuel, spec. weight

The Selection of Liquid Rocket Propellants

When selecting a propellant or propellant
combination for a specific application, it is well
to realize that most propellants, in addition to
their advantages, may have certain disadvan-
tages. Thus, propellant selection usually in-
cludes some compromises. The more important
and desirable propellant features are listed
below. Order of importance may vary as a func-
tion of application.

(1) High energy release per unit of propellant

mass, combined with low molecular
weight of the combustion or decomposi-

tion gases, for high specific impulse.

(2) Ease of ignition.

(3) Stable combustion.

(4) High density or.high density impulse to
minimize the size and weight of propel-
lant tanks and feed system.

(3) Ability to serve as an effective coolant
for the thrust chamber (optimum com-
bination of high specific heat, high
thermal conductivity and high critical
temperature).

(6) Reasonably low vapor pressure at 160° F
(a frequent specification value) for low
tank weight and low net positive pump
suction head requirement.

(7) Low freezing point (preferably less than
-65° F) to facilitate engine operation at
low temperature.

(8) Absence of corrosive effects; compatibil-
ity with engine construction materials.

(9) For storables: good storability as as-
sisted by a high boiling point (prefer-
ably above 160° F), by items 6, 7, 8
and by the resistance to deterioration
during storage.

(10) Low viscosity (preferably less than 10 cp
down to -65° F') to minimize pressure
drops through feed system and injector.

(11) High thermal and shock stability to mini-
mize explosion and fire hazard.

(12) Low toxicity of raw propellants, their
fumes, and their combustion products.

(13) Low cost.

(14) Availability.

Liquid Rocket Propellant Performance and
Physical Properties

Detailed methods to calculate the performance
for any given liquid propellant or propellant com-
bination can be found in the standard combustion
engineering or rocket propellant textbooks. For
the theoretical calculations, it is generally as-
sumed that the ideal conditions exist as de-
scribed in section 1.2 (Gas Flow Processes) of
this chapter. The prime objective of propellant-
performance calculations is to derive the quan-
tities ¢*, C¢, and Is through evaluation of the
flame or chamber temperature (T¢)ns; of the gas
mean molecular weight Y ; and of the specific
heat ratio y for a given (pc)ns, Pe and pa. The
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chamber temperature can be calculated from the
heat of the chemical reaction of the propellants
and from the specific heat of the gases. In
practice it has been found that actual test re-
sults are usually 5 to 12 percent lower than the
theoretical values obtained from calculations.

In addition to the assumption of certain ideal-
ized gas conditions, the performance equations
discussed assumed and employed certain singular
values for the most important gas properties:

v, M, R, (Tc)ns. For basic design information
requiring greater accuracy, more rigorous calcu-
lations frequently employing electronic comput-
ers are usually conducted by specialists in the
field. These consider that the gas properties are
not necessarily constant along the path of flow.
Two basic approaches can be taken: Calcula-
tions based on the assumption of unchanging or
“frozen” gas composition along the nozzle axis,
or based on the assumption of shifting composi-
tion. The applicable literature frequently uses
the term “equilibrium” instead of “composition.”

In calculations based on frozen composition,
it is assumed that no further chemical reactions
take place in the gases after leaving the com-
bustion chamber and entering the nozzle, and
that the combustion products at Ae are in the
same relative proportion as they were at 4;. The
remaining principal variables then are pressure
and temperature at the various stations. Assum-
ing different initial sets of mixture ratios, cham-
ber pressures, and gas compositions, a typical
set of calculations, probably involving succes-
sive approximations, may be conducted to deter-
mine the optimum values of, for instance mixture
ratio, chamber length, expansion area ratio, and
nozzle contour, for a given propellant combina-
tion and vehicle trajectory.

Calculations based on shifting composition
take into account additional variations, mainly
those of gas composition, as they result from,
for instance, incomplete combustion, dissocia-
tion, and reassociation. These calculations are
an attempt to consider more nearly the true
physical processes. Due to their extreme com-
plexity and unpredictability, however, the results
are frequently no more reliable predictions of
test results than those obtained from calcula-
tions assuming frozen composition.

Thus, it is probably a matter of preference
which approach should be taken. It is noted that

the theoretical data based on a shifting composi-
tion usually give values several percent higher
than those based on a frozen one. Therefore, in
presenting performance data, the assumption of
the type of composition assumed must be speci-
fied. As a rule, the thrust chamber designer will
be supplied with the basic parameters by depart-
ments specializing in this field. We need not,
therefore, concern ourselves further with this
matter.

Performance and physical properties of numer-
ous important liquid monopropellants and bipro-
pellants are given in tables 1-4 through 1-10Q.

1.5 THE BASIC ELEMENTS OF A LIQUID
PROPELLANT ROCKET ENGINE SYSTEM

A vehicle system has occasionally been de-
fined as a purposeful conglomeration of subsys-
tems. One of these is the engine system. The
definition of the scope of the various vehicle
subsystems has not always been uniform and
probably, by necessity, never will be. For in-
stance, for vehicle systems in which the propel-
lant tanks simultaneously serve as the vehicle
airframe, it may be a matter of opinion whether
they are part of the structure or of the engine
system. The decision to which subsystem they
belong may well depend on the fact whether the
tanks will be supplied by the engine manufac-
turer, or by a separate contractor. Similarly,
some, notably the engine system supplier, may
consider the guidance system a part of the pay-
load, while the vehicle user will hold that any-
thing without which the vehicle cannot fly
reliably and accurately to its destination is not
payload. Whatever the definitions may be, it is
important that they are used uniformly and con-
sistently in a given project.

For the purpose of this book, we will define a
vehicle as being composed of the following major
subsystems:

(1) Engine system

(2) Vehicle structure

(3) Guidance system

(4) Payload

(5) Accessories

In the following, we will concern ourselves
with the engine system only, except for brief
references to the other systems, as required. We




TABLE 1-4.—General Data of Some Storable Liquid Rocket Propellants

. . Vapor )
Mol. | Freezing | Boiling Density s Handling . Materials Cost
»?
Propellant Formula Use wt. point °F | point °F pr::iz., gm/ce Stability nazard Storability compatibility $/1b
Aniline CeH<NH, Fuel, 93.2 21 364 0.25 at | 1.022 at | Good Good Good Al., steel, Teflon, |........
coolant 160°F| 68°F Kel-F
Bromine BrFg Oxid., 174.9 | -80.5 104.5 |41 at 2.48 at |Upto Reacts with| Good Al. alloy, 18-8 4.75
pentafluoride coolant 160°F] 68°F | B800°F fuel stainless steel,
nickel alloy,
copper, Teflon
Chlorine trifluoride |Cl F, Oxid. 92.5 -105.4 |53.15 |80 at 1.825 at [ Up to Toxic Good below | Al. alloy, 18-8" 0.50-2.50
140°F| 68°F | 600°F 140° F stainless steel,
nickel alloy,
copper, Teflon
92.5% E.A. (ethyl C,H0H Fuel, 41.25 | -189 172 13 at 0.81 at | Good Flammable | Good below | Al., steel, nickel 0.15
aleohol) coolant 160°F| 60°F 130°F alloy, Teflon,
Kel-F, polyethylene
Hydrazine N,H, Fuel, 32.05 | 34.5 235.4 (2.8 at 1.01at |Upto Toxic, Good Al., 304.307 stain- ]0.50-3.00
oxid., 160°F| 68°F 300°F flammable less steel,
coolant Teflon, Kel-F,
polyethylene
95% hydrogen H,0, Monoprop., | 32.57 | 21.9 294.8 [0.05 at | 1.414 at| Unstable |Hazardous | Deteriorates| Al., stainless steel, [ 0.50
peroxide oxid., 77°F T7°F decomp. | skin con- | at 1%/yr. Teflon, Kel-F
coolant at285°F | tact, flam-
mable
98% hydrogen H,0, Same as 33.42 [ 275 299.2 {0.043 at| 1.432 at|Same as | Same as Same as Same as above i.00
peroxide above 77°F 7I°F above above above
Hydyne {40% “Deta” |NH(C,H,NH,),, | Fuel, 72.15 | -65 140 to [16.5 at | 0.855 at| Good Toxic Good Al., stainless steel, [0.50-2.00
60% “UDMH™) (CH;),NNH, coolant 400 160" F| 60" F Teflon, Kel-F
IRFNA (inhibited red | 82% HNO,, Oxid., 55.9 -57 150 17.3 at | 1.57 at | Good Toxic, haz-| Good Al., stainless steel, [0.08-0.10
fuming nitric acid) 15% NO,, coolant 160" F| 68°F ardous Teflon, Kel-F,
2% R,0, skin con- polyethylene
1% HF tact
JP-4 (jet propulsion [CgHyq Fuel, 128 -76 270to [7.2at | 0.747 to|Good Vapor ex- | Good Al., steel, nickel 0.015
{uel) coolant 470 160° F| 0.825 plosive alloy, neoprene,
60° F Teflon, Kel-F
MMH (monomethyl- CH,NH-NH, Fuel, 46.08 | -63 187 8.8 at | 0.878 at| Good Toxic Good Al., 304.307 stain-  |0.62-6.25
hydrazine) coolant 160°F| 68°F less steel, Teflon.

Kel-F, polyethylene
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TABLE 1-4.-General Data of Some Storable Liquid Rocket Propellants (Continued)

. . Vapor . X .
Mol. [ Freezing [ Boiling Density . Handling s Materials Cost
p P . b!
Propellant Formula Use wt. | point °F | point°F pl;sssisa. gm/cc Stability hazard Storability compatibility 3/1b
Nitrogen tetroxide N,O, Oxid. 92.02 |11 70 111 at | 1.44 at | Function | Very toxic, | Good when | Al., stainless steel, [0.075
160°F| 68°F of temp. [ hazardous| dry nickel alloy,
skin con- Teflon
tact
Pentaborane BsH, Fuel 63.17 | -52.28 140.11 (19 at 0.61 at |Good Explosive | Good Al., steel, copper, |2.50-5.00
160°F| 68°F on expo- Teflon, Kel-F,
sure to Viton A
atr, very
toxic
Propyl nitrate C,H,NO, Fuel, 105.09} -130.9 |[231 3.7at |1.06 at |Fair Sensitive | Good Al., stainless steel, {..... ...
coolant 160°F| 68°F to shock Teflon, Kel-F
RP-1 (rocket pro- Mil-Spec.- Fuel, 165to{ -47 to 342to {0.33at | 0.8¢to Auto. ig- | Flammable | Good Al., steel, nickel 0.015
pellant) F25576B coolant 195 -64 507 160° F| 0.82at| nition at alloy, copper,
68°F | 470°F Teflon, Kel-F,
Neoprene
TEA (triethyl- (C;Hy); Al Fuel, start | 114.15| -49.9 381 0.40 at | 0.836 at [Decomp. [Ignites on | Good Al., steel, copper, |........
aluminum compound 160°F| 68°F over contact Teflon
400° F with air
TMA (trimethylamine)| (CH,);N Fuel 59.11 | -179 37 108 at | 0.603 at |Good Good Good Al., steel, copper, |........
160°F{ 68°F Teflon
T™B-1, 3-D (CH;);N- Fuel, 144.2 | -131 320 1.32 at | 0.795 at |Stable 1 |..... ... .. Good Al., 347 stainless |........
(NNN'-N'-tetra- CH,CH,- coolant 160°F| 68°F | hr. at steel, polyethylene
methylbutane-1, CH-N(CHy), 500° F
3-diamine) C'H,
TNM (tetranitro- C(NO,), Oxid. 196.04|57.3 259 248 at | 1.64 at |Thermal. |Shock sen- | Good below | Al., mild steel, 0.30
methane) 165° F| 68°F unstable| sitive 100° F Teflon, Kel-F
UDMH (unsymmetri- | (CH;),NNH, Fuel, 60.08 |-72 146 17.6 at | 0.789 at { Good Toxic Good Al., stainless steel, {0.50-2.00
cal dimethyl- coolant 160°F| 68°F Tefion, Kel-F
hydrazine)
WE'NA (white fuming |97.5% HNO, Oxid., 59.9 -45 186 9.09 at {1.46 to |Decomp. | Toxic, haz-| Fair Al., stainless steel, {0.15
pitric acid) 2% H,0, coolant 160°F| 1.52at| above ardous Teflon, Kel-F,
0.5% NO, 68° F 100° P skin con- polyethylene
tact
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TABLE 1-5.—General Data of Some Cryogenic Liquid Rocket Propellants

: s . s Density
Mol F‘regzmg Bm‘hng Critical | Critical at boiling N Handie ' o Cost o
Propellants Formula Use point, point, | press., | temp., . Stability Materials compatibility m
wt. o ° . . point hazard %/1b »
F F psia F m/ce o
& o Lh b
o
Ammonia .. ... ... .{ NH, Fuel, coolant [17.03 | -108 -28 Vapor pressure = | 0.683 Good Toxic, Al.. steel, lead. Tetlon, Kel-F, | 0.04 m
500 psia at flammable| Vitron A [
o]
160° F [
[+]
Liquid fluorine . . . .. F, Oxid. 38.00 | -364 -307 808 -200.5 {1.509 Good Very toxic,| Al., 300 series stainless steel, | 6.00 -v
';x flammable! nickel alloy. brass 3
o m
}:‘ Liquid hydrogen . .. .{ H, Fuel, coolant | 2.016 | -434.6 -422.9 | 187.8 -400.3 | 0.071 Good Flammable | Stainless steel, nickel alloy, 7.00 r':
T4 Al. alloy, Kel-F >
ME' Z
R -
R Liquid oxygen. . . ... 0, Oxid. 32.00 | -362 -297.4 | 735 -182 1.142 Good Good Al.. stainless steel, nickel 0.05 o
e alloy, copper, Teflon, Kel-F (Q)
=
m
Oxygen difluoride. . .| OF, Oxid. 54.00 | ... ... -299 719 -723 1.521 Good Very toxic,| Al., 300 series stainless steel, -
flammable| nickel alloy, brass z
«Q
QOzone. .. .. .. B N O Oxid. 48.00 | -420 - 168 804 10.2 1.46 Abave 207% |Very toxic,| Al., 300 series stainless steel, %
J explosive | flammable| Teflon, Kel-F v
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TABLE 1-6.—Performance of Some Liquid Rocket Monopropellants

Specific Density
Propellant impulse Ig, | impulse g4, Applications Remarks
Ib-sec/1b? | sec gm/cc
Hydrogen peroxide (H,0,) (95%) . 140 198 CGas generators tor turbopump | Difficult handling
and auxiliary drive; small
control rockets
Hydrazine (NJH) ............ .. 205 207 Gas generators; small control | Difficult handling (can de-
rockets compose at high temper-
ature)
Nitromethane (CHNO,)......... 180 204.8 Small ordnance rockets Dangerous handling {can
detonate unexpectedly)
Methylacetylene. . ............. 160 108.6 Gas generators; smallrockets | Safe handling; dangerous and
very smoky exhaust fumes

3 Theoretical value at 300 psia (P¢)ys. sea-level optimum expansion, frozen gas composition ot frozen equilibrium.

TABLE 1-7.—-Theoretical Performance of Some Medium-Energy Storable Liquid Rocket Bipropellant

Combinations
Oxidizer Fuel Tw ry d Te W c* Cy ls {1sd Applications
IRFNA (15% NO) {UDMH.. ... ............ 2.99|1.51 [1.26{5340|23.7 5490 |1.619| 276 | 348 {Small air-to-uir,
3.24|1.63 (1.27]5315|24.2 |5435 [1.630] 2751350 | air-to-surface
Hydrazine ................ 1.47| .95]1.28|5090{20.8!5690 |1.602 283|362 | rockets and
1.54| .99 {1.29/5100|21.1|5665|1.603 283|365 | uPPer stages of
space vehicles
50% UDMH-50% hydeazine. .. | 2.20|1.26 |1.27]5250[22.4 5580 |1.610|279 | 354
2.42(1.39(129{5220{23.0|5510|1.618|277|358
Hydyne................... 3.11]1.70 |1.31]5295 | 24.1 {5425 | 1,620 273 | 358
3.33{1.821.32!527024.5 [5375 |1.630 272|359
RP-1. ... i, 4.80{2.48 |1.35]5355]25.8 (5275 | 1.636 | 268 | 362
5.14{2.65 |1.36{5330 [26.2 | 5225 11.646 | 267 | 363
TMB-1,3D............... 4.00|2.08 |1.32]5325|25.1 15335 |1.632] 270|356
4.37{2.23 11.33|5300}25.5 | 5280 | 1.640| 269 | 358
JP-X (60% JP-4, 40% UDMH) | 4.13[2.16 [1.33|5310|24.6 5320 |1 628 269 | 358
925%EA. .. ............. 2.89]1.47 |1.26{4935(....|51301.626 259|326
MMH ... 2.4711.3811.28/5290|....|5550|1.618} 279357
TMA oo 4.01{1.6111.21(5285|. .. 1537511.625]271|328
95% hydrogen UDMH. ... ... ... . ........ 4.5412.5311.24{4800/21.7(5530{1.620| 278 | 345 {Manned aircraft,
peroxide 4.7412.64 |1.25] 4780 [21.3 5505 {1.620| 277|346 | small air-to-air,
Hydrazine . ............... 2.17(1.54 |1.26!4675|19.5 | 5655 | 1.604 | 282|355 | 2ir-to-surtace
2.20(1.57 |1.26] 4675 [19.5| 5655 | 1.604 | 282 | 355 | rockets. and
- <or ) om =l . upper stages of
50% UDMH-50% Hydrazine .. | 3.35|2.12|1.254760|20.5 | 5580 (1.610{279|349 | gpace vehicles
3.47(2.20 {1.26| 4740 [ 20.6 | 5560 | 1.615| 279! 351
Hydyne................ ... 4.68]2.8311.27|4765 | 21.3|5485 |1.:622| 276 | 350
4.87(2.9511.28/4745 |21.4|5465 |1.619]| 275 | 352
RP-1..... .. i 7.35|4.1811.30] 4785 [ 22.1 | 5405 | 1.627 | 273|355
7.5814.3211.31/4765(22.2/5390|1.620 271 | 355
TMB-1.3D............... 6.2013.491.28]4770|21.8]5440 | 1.6221 274 | 351
6.45|3.63(1.29] 4745 |21.9/54151.618] 272351
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TABLE 1-7.—Theoretical Performance of Some Medium-Energy Storable Liquid Rocket Bipropellant
Combinations (Continued)

Oxidizer Fuel tw | tv | d | Te [ | ex | C [ Is {lsd | Applications
.
Nitrogen tetroxide . | UDMH. . ... ... o 1 2.95]1.61 1.20| 5685 1245|5555 |1.632; 252 | 339 'Manned aircraft,
Hydyne. . .. ... . | 2711161 12215650 (24.1|5550 |1 626 282344 | 1CBM. IRBM.
295|175 |1.2415655 2475525 |1 631 280 347 | ALBM. smallair-
to air, surface-
RP-1.... 4.0412.26 (1.25(5745 (2575440 {1 636|276 345 | o . rockers.
4.50|2.51 |1.27 | 5755|26.5|5385 |1.639 | 274|348 | \prer stages of
T™MB-1.3-D. ... .. S 3.55/1.96|123]5715/25.2(549511.631 278|342 | space vehicles
" 3.90(2.15(1.2415710]25.9 5425 |1.645| 2771344
925% EA. .. ... . 1 259(1.45(1.19{5290| ... {5260 !1.635| 267|318
Chlorine trifluoride {UDMH. .. .. .. ... .. ... 1 3.03(1.31(1.38]| 6305|258 5630 |1.602| 280|386 |{ICBM, IRBM.
3.2801.42 1140|6330 126.2 5605 [1.589|277 388 | ALBM. and small
Hydvne. .. . ... 1 2980140!1.43]6220|26.1 |5555 |1.599 | 276|395 | 2ir-launched
3.20/150 |1.44 6250 |26.5 5535 |1.595 | 274 | 395 | [OCkets. upper
stages of space
RP-1.. ... .. ... 3.20]142 |1 41{589029.1 5140 |1.618|258 {364 | Lepicles
12.8015.66 |1.68{5735 |37 01535 {1.636 (230|356
TMB-1.3D......... .| 3.1711.39 [1.40!6035 [27.6 | 5330 |1.608 | 266 {373
3.601.57 |1.43|6040{28.1 {5280 {1.592 {261 |374
Bromine Hydrazine .. ... .. Lo 3.35{1.37 11.8615570 ... 15000 |1.565|243 [453 [Small air-launched
pentafluoride | rockets

TABLE 1-8.-Theoretical Performance of Some High-Energy Storable Liguid Rocket Bipropellant

Combinations
Oxidizer Fuel re | ory d Te il c* | Cr |lIs {1sd | Applications
95% Hydrogen peroxide | Hydrazine . ... .. ... ... .. 201141 |1.26 [477519.5 |57351.601 |285 359 |ICBM. IRBM.
Pentaborane . . ... ... . .. 2.70(1.188;1.037 5390 19.01 | 6067 |1.600 (302|313 | ALBM
Nitrogen tetroxide . . JUDMH .. .. . . ... .. ..12.61|142 18 | 5685 /23.6 [5650|1.624 [285|336 |FBM, ICBM,

1 1
Hydrazine ... .. ..... ..11.347 93 1. 1610 (292|357 | IRBM, ALBM,
1.42] .99 ;1.23 |5415[21.3 |5815]1.605 1290|357 | upper stages
50% UDMH-50% Hyvdrazine |2.00 {1.24 |1 1.620|288|348 | of space
1 1
1

2.1511.33 21 15570(23.0 {5665 i1.636 |288}348 | vehicles
MMH. ... ... .. o 12181131 20 5635 ... 5720 ,1.621 {288 346
1
Chlorine trifluoride ...} Hydrazine ... .. ... .. 2771153 11.51 [6550{23.2 | 59951 582 1294|444 |FBM, ICBM,
2941162 |1.52 [6600|23.6 15980 |1.572(292{444| IRBM.ALBM,
50% UDMH-50% Hydrazine | 2.89(1.42 | 1.45 [6385[24.5 {5795 {1 596 (2871416 | upper stages
3.11/1.53 {1.46 [64201!24.9 5770 {1.598 |286|417 | of space
MMH. ... ... ... ... .. .. 3.00|1.44 [ 1.44 {6400](..... 5763 |1.591 {285} 410 | vehicles
Hydrazine ..... .. ... | Pentaborane. .. ... .. .. 1.4 .85 7968|4430 {14.7 6402 [1.644 |327 261 |ICBM. IRBM
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TABLE 1-9.—Theoretical Performance of Some High-Energy Cryogenic Liquid Rocket Bipropellant
Combinations

Oxidizer Iy

Iv

Te | M| e*x | Cr |Us |Isd Applications

2.00
2.40
2.56
2.73
1.30
1.40
1.73
1.80

.90
1.30
1.37
1.73
1.80
1.65
1.83
2.28
2.37

Liquid oxygen . ..

Ammonia .................

WBEEA ...

Hydrazine . ...............
50% UDMH-50% Hydrazine . .

1.421
1.708
1.82
1.94

1.23
1.28

1.03
1.08
1.31
1.36
1.14
1.27
1.60
1.66

.78
.84

.80

0.998
1.012
1.02
1.03
.88
.89
.99
1.00
1.07
1.02
1.03
1.02
1.02
.98
.99
1.01
1.01

760
6100
6150
6200
5055
5100
5640
5675
5660
5980
5305
5990
6030
6010
6065
6100
6120

211
228
23.3
239
19.3
19.8
241
244
19.3
20.6
20.9
21.8
22.2
213
221
229
23.2

5898
5953
5920
5865
5920
3865
5605
5585
6235
6160
6155
6035
6010
6115
6040
5945
5915

1.605
1.620
1.632
1.642
1.608
1.612
1.648
1.644
1618
1.628
1.622
1.632
1.639
1.631
1.638
1.642
1.650

294
300
300
299
296
294
287
285
313
312
310
306
306
310
307
303
303

293
303
306
308
260
261
284
285
335
318
319
312
312
304
304
306
306

ICBM, IRBM, large
space-probe and
space craft
boosters

TABLE 1-10.—Theoretical Performance of Some Very-High-Energy Cryogenic Liquid Rocket Bipro-
pellant Combinations

Oxidizer Fuel fw (v | d {Te | M | e*x | Cr |1Is|Isd Applications
Liquid oxygen . ......... Liquid hydrogen. . . .. 4.02(0.25 {0.28 {4935 10.0|7980{1.578 | 391 { 109 | Space probe and
19.50|1.20| .65{4960|23.4]|5300!1.610 265|172 | spacecraftupper
stage and booster
Liquid fluorine. .. ... .. .. Hydrazine ... ..... .. 2.3011.54(1.31[7955}19.417245|1.615 363 | 476 | Space probe upper
2.4011.611.32(7980{19.6|7225]1.614 1362|478 stage
Liquid hydrogen. . . .. 7.60f .35] .45(6505] 11.8|8365|1.578 410185
23.70({1.10} .82(8230|18.5]7515|1.592]372|305
Ammonia..... ...... 3.29(1.4811.18|7715]19.3| 7155 1.605 ;357 [ 421
3.40(153|1.18(7745|19.56]7140(1.612]357 422

NOTES FOR TABLES

(1) Conditions upon which the performance calculations
are based =

(a) Combustion chamber pressure = 1000 psia

(b) Nozzle exit pressure =ambient pressure = 14.7 psia
(optimum nozzle expansion ratio at sea-level oper-

ation)
(c)

Chamber contraction ratio (chamber area/nozzle
throat area) = infinity

(d)
(e)

Adiabatic combustion

Isentropic expansion of ideal gas with shifting
composition or shifting equilibrium in the nozzle

(2) Symbols:

1-7 THROUGH 1-10

ry =Propellant weight mixture ratio (wt. oxidizer/wt.
fuel)

ry =Propellant volume mixture ratio (vol. oxidizet/vol.
fuel)

d =Bulk density of propellant combination (gm/cc).
(The density at boiling point was used for those
oxidizers or fyels which boil below 68° F at one

atmosphere pressure)

T¢ =Theoretical chamber temperature, °F

U =Average molecular weight of combustion products
at T,

c* =Theoretical characteristic velocity (ft/sec)

SO
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NOTES FOR TABLES 1-7 THROUGH 1-10 (Continued)

Ct =Theoretical thrust coefficient

Is =Theoretical maximum specific impulse, lb-sec-1b

Isd = Theoretical maximum density impulse. sec-gm. cc
(3) To approximate Ig and /sd at other chamber pressures.

Pressure (psial:

1000. ... ..

Multiply by—
‘‘‘‘‘‘‘‘‘ ...... 100

further define that the engine system shall com-
prise all parts without which the propulsive
force cannot be generated. Thus, we will in-
clude the propellant tanks and their accessories.
A system thus defined frequently is called a
propulsion system. We know, from the above,
that by including the tanks, we may be “infring-
ing” on the vehicle structure by other defini-
tions.

Thus prepared, we may now proceed to sub-
divide the engine system further into major
components or subassemblies as follows:

(1) Thrust chamber assembly

(2) Propellant feed system: One of the fol-

lowing two is generally used: Pres-
surized gas propellant feed system and
turbopump propellant feed system. The
latter includes some type of tank pres-
surization system

(3) Valves and control systems

(4) Propellant tankage

(5) Interconnect components and mounts

Depending on the engine system selected, one
or another subsystem may not be required or may
be integrated with another one. Typical liquid
propellant rocket engine systems are shown in
figures 1-12 and 1-13.

The rocket has occasionally been called the
simplest propulsion system known. The simplest
form of a solid propellant rocket or of a pressur-
ized gas-fed storable liquid propellant rocket
appears to come close to this ideal. Unfortu-
nately, simplicity frequently is synonymous with
inflexibility. Due to vehicle requirements, sub-
stantial departures from the basic simplicity may
become necessary to meet requirements such as:
light weight, high performance, thrust control,
thrust vector control, restartability, cutoff im-

900 . .. .99
800.... .. . PP ° -
700 B 97
600 . . ... .95
500 ... P ° <
400 .. 91
300 .. .. . e . ... .88

pulse control, propellant utilization control
(sometimes called propellant management), stor-
ability, ease of handling, etc. Thus, modern
rocket engines contain more subsystems than
their basic principle of operation may suggest,
to meet the often stringent vehicle requirements.
This is true for both liquid as well as solid
propellant systems. In general however, the
liquid propellant engine is the more flexible one,
particularly where large systems are considered.

A Check valve K High-pressure

B Pressurizing gas helium bottle
diffuser L Pressure regulator

C Fuel tank M Heat exchanger

D Pressurizing gas N Fuel tank vent and
diffuser relief valve

E Pressurizing gas O Ogxidizer tank vent
line and relief valve

F Check valve P Ozxidizer tank fill

G Oxidizer tank and drain valve

H Fuel duct Q Ozxidizer duct

I Fuel tank fill and R Main oxidizer valve

Thrust chamber
assembly

drain valve S
J Main fuel valve

Figure1-12.-Typical pressurized gas feed liquid
propellant rocket engine system.




Check valve

Fuel tank

Check valve
Pressurizing gas line
Oxidizer tank

Fuel duct

High pressure helium bottle
Gas generator and valve
assembly

Turbine starting spinner
Gas turbine

K Main fuel valve

A
B
C
D
E
F
G
H

ey

Pressure regulator

Heat exchanger

Turbine exhaust duct

Thrust chamber assembly

Fuel tank vent and relief

valve

Q Pressurizing gas diffuser

R Pressurizing gas diffuser

S Oxidizer tank vent and relief
valve

T Inter-tank insulation (re-

quired for cryogenic and non-

"o Z=Er"

\‘ \ ‘
\, -
) ‘% 1 I\,”
% " 15 ~
3 / 7 - "‘

(]|

cryogenic propellant combi-
nation)

U Fuel tank fill and drain
valve

V Oxidizer tank fill and drain
valve

W Oxidizer duct

X Ogxidizer pump

Y Fuel pump

Z Gear box

AA Main oxidizer valve

Figure 1-13.-Typical turbopump feed liquid propellant rocket engine system.







Chapter I1

Rocket Engine Design Implements

2.1 THE MAJOR ROCKET ENGINE DESIGN
PARAMETERS

To fit the engine system properly into a
vehicle system, engine systems design and de-
velopment specifications will have to cover the
following parameters above all:

(1) Thrust level

(2) Performance (specific impulse)

(3) Run duration

(4) Propellant mixture ratio

(5) Weight of engine system at burnout

(6) Envelope (size)

(7) Reliability

(8) Cost

(9) Availability (time table—schedule)

As the design progresses, numerous addi-
tional parameters will have to be considered.
Before turning to the latter, let us briefly review
and discuss those listed above. It should be
noted that the last five items are closely inter-
dependent. For instance, making an engine
available in the shortest possible time (“crash
program”) will raise the cost and will unfavor-
ably affect reliability. A longer design and
development period may not necessarily reduce
cost, but it will offer higher values in exchange
for the dollar; higher reliability, refined (lower)
weight, and an optimized (smaller) envelope.

Thrust Level

This engine parameter is a basic one, similar
to the power rating of a gasoline engine or elec-
tric motor. It will affect most of the other engine
parameters and many of the development con-
siderations.

The total thrust requirement of a rocket-
propelled vehicle is predominantly governed by—
1. The total takeoff weight of the vehicle

(including engine!)

2. Minimum and maximum accelerations per-

missible

Selection of the proper engine thrust level

results from the decision whether a single- or a
multiple-engine system is to be used. This de-
cision is often strongly influenced by the avail-
ability of already existing engines, which would
eliminate, or at least drastically reduce, the
design and development cost for the propulsion
system. The selection of individual engine
thrust level also is—or at least should be—
influenced by the general state of the art, par-
ticularly if sizes substantially larger than pre-
viously developed are considered.

More recently, largely as a result of the
advent of manned rocket flight and of the high
cost of very large vehicle systems, the decision
to use a multiple (clustered) propulsion system
consisting of several engines rather than a single
one has been additionally affected by safety
considerations, to permit mission completion, or
at least safe return of the crew, in case of an
engine failure. This “engine out” principle is
analogous to the consideration of multiple-
versus single-engine airplanes. Extensive stud-
ies have been conducted in this field for rocket
vehicles to establish the “break-even” point
regarding the minimum and maximum number of
engines profitably employed in a cluster. Fail-
ure of single-engined rocket vehicles not only
might destroy the vehicles themselves but also
could cause severe damage to expensive ground
facilities. This explains the great emphasis
placed on thrust subdivision.

Thrust levels for first-stage booster engines,
which start at or near sea-level altitude and stop
at a specified higher altitude, are usually quoted
for sea-level conditions. Additionally, the spec-
ifications may contain information on thrust level
at altitudes above sea level, frequently in the
form of a graph (see fig. 2-1).

The nominal thrust of engines in stages start-
ing and operating at or near-vacuum conditions
is quoted for that environment. Most engines are
designed for a single nominal thrust (sea level
or altitude), for which they are calibrated by

31
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SPELIFIC \MPULSE AT CUTOFF

THRUST T CUTOFF
279,00C LB

SIO B‘O 0 120 tﬁ‘c’ w‘O 2\‘0 {‘c
ALTITUDE (FT x 10%)

Figure 2-1.-Typical graph of rocket engine per-

formance as function of altitude.

means of propellant line orifices or, less fre-
quently, with the aid of regulators. Engines
designed for variable thrust (throttling) always
require some type of regulator. This will be
discussed in section 7.3, “Engine Thrust Level
Control.”

Performance

Although the general term “performance” of a
rocket engine in the strict sense covers a num-
ber of parameters (I, c¢*, Cy, etc.), specific
impulse (Ig) is considered the prime performance
parameter. As was seen in chapter I, the spe-
cific impulse, also referred to as specific thrust,
is measured in seconds, which obviously is not
the dimension of time, but an abbreviation of the
dimension 1b-sec/1b (specific impulse), 1b/(1b/
sec) (specific thrust), respectively. It is impor-
tant to state whether a specified value of Ig
refers to the complete engine system, or to the
thrust chamber only. Frequently, by stating a
percentage an “actual” or “practical” value of Ig
is linked to the maximum value theoretically
possible. The theoretical values for the better
known propellant combinations are well estab-
lished and as a result practical values have
become quite predictable. With less well-known
combinations, disappointments have often re-
sulted. Therefore, great caution is advisable in
the use of theoretical values which have not
been verified in an actual test.

In recent years, the performance of a rocket
engine, as expressed by its specific impulse,
has received considerable attention, far bevond

its true significance. In June 1959, Dr. von
Kdrmdn observed:

It is my personal belief that the.length of the
period of attaining reasonable reliability in the devel-
opment process could be essentially reduced if simple
design were emphasized as a leading principle, even
if we had to make some sacrifice in the quantitative
measure of “efficiency.” Essential elements have to
be designed as simply as possible, even if this means
a reduction in quantitative efficiency and a certain
increase of bulkiness and- or weight.

Undoubtedly, these observations were
prompted by a noticeable trend on the part of
both the engine builder as well as the customer,
to sacrifice, or at least to compromise, nearly
all other capabilities of a rocket propulsion sys-
tem for [ increases, which sometimes amounted
to less than 1 percent.

Frequently, increasing emphasis on Is during
the life of a project can be traced to marginal
engineering reserves in the initial vehicle design
especially with weight assumptions and tank
capacities. The need for competitive bidding
may have contributed to this situation.

On the other hand, the highest Is which can
be obtained without compromise will pay off sub-
stantially. For instance, in the case of a typical
medium-range ballistic missile, an increase of
1 second in Ig will effect a range increase of
approximately 15 nautical miles. In other terms,
an Ig increase of less than one-half percent
results in a range increase of 1 percent. As
impressive as these figures for increased flight
range are, it should be kept in mind that those
engine properties which will determine whether
the vehicle will fly at all should not be com-

Duration

Because, by definition, a rocket vehicle
carries its own complete propellant supply, in-
cluding the oxidizer, its run duration is limited,
as a result of an optimized balance between
takeoff weight, trajectory, thrust level, and mini-
mum and maximum accelerations. Consequently,
run-duration times of most large liquid-propellant
rocket engines fall into a relatively narrow band,
about 50 to 400 seconds.

User specifications include a formal demon-
stration (such as preliminary flight rating tests
(PFRT) and qualification tests) requiring accu-
mulated duration times, without breakdown, of
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many times the comparatively short rated flight
duration (typical: six full duration tests for
PFRT of an ICBM).

These specifications, therefore, govern most
engine design considerations, with the exception
of the following areas, which for weight consid-
erations are tailored to the flight-run duration:

(1) Auxiliary tank capacity, for systems

which employ a separate turbine power
supply

(2) Propellant-tank pressurization supply, if

it is part of the engine system

(3) Lube oil tank capacity, if applicable

(4) Temperature nonequilibria, such as those

of uncooled nozzles

Closely related to the run duration are the
start and shutdown characteristics of an engine
system, the requirements for both of which may
be very stringent in a given vehicle system.

The characteristics and the quality of the
“start,” or “thrust buildup,” of a liquid rocket
engine are judged by-—

(1) Compliance with specified thrust versus

time characteristics

(2) Maximum rate of increase at any time

during buildup

(3) Freedom from surges and thrust over-

shoots

(4) Smoothness (freedom from damaging oscil-

lations)

(5) Repeatability from run to run and from

engine to engine

These characteristics will be discussed in
greater detail in chapter X, “Engine Systems
Design Integration.” Suffice it to state, at this
point that a rocket engine is not easy to adapt
with special thrust buildup requirements. Diffi-
culties in this area can arise from inadequate
communication between the vehicle contractor
and the engine contractor. Thorough understand-
ing of the problems by both contractors is vital.

The characteristics of engine “shutdown” or
“thrust decay” are predominantly influenced by
guidance considerations. To understand this
better, let us consider the case of a single-stage,
ground-to-ground, ballistic missile. As the term
“ballistic” implies, the missile is designed to
impart a desired speed to a known payload, in a
desired direction from a desired point, after
which the payload coasts freely to the target.

This is analogous to a cannon, where muzzle
exit velocity of the projectile, gun-barrel atti-
tude, and location of the gun emplacement will
determine the point of impact (neglecting envi-
ronmental influences such as wind). With a
ballistic rocket, the gun barrel is literally re-
placed by the guidance system, the intricate
components of which not only predetermine the
three basic parameters mentioned but also have
the capability to compensate for deviations of
any or all of them. If, for instance, the trajec-
tory angle near the point of cutoff is too steep,
the guidance system will compensate accord-
ingly, by calling for a higher final velocity, by
slightly delaying the cutoff signal, simultane-
ously considering the distance over ground
already covered.

It is obvious that a prompt and repeatable
execution of the cutoff signal is imperative.
However, for several reasons, it is impossible to
effect a truly instantaneous thrust cessation:
time is required to sense and then transmit the
cutoff signal; closing of valves requires a finite
time; structural (hydraulic hammer) considera-
tions are superimposed; residual propellants
below the valves have an effect. Figure 2-2
shows a typical thrust decay diagram.

Let us recall:

Ft=mAv

Thrust multiplied by time equals mass times
velocity increase, or

VALVES START
TO ClosE

(X1 i l

100+

TURBINE  POWER STAATS TO DECAY

7 /
L] os -] 8
TIME FAOM CUTOFF SIGNAL {SEC)

Figure 2-2.-Typical thrust decay diagram.
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The velocity increase following cutoff signal
is a function of the residual thrust acting on the
vehicle mass m, and is integrated over the time
from cutoff signal to final thrust cessation; this
integral is commonly referred to as the “cutoff
impulse.” A typical value for a well-known
earlier rocket (Redstone) was 16 000 lb-sec
+2500. Note the tolerance. This deviation will
obviously influence missile accuracy. Reduction
of the tolerance is thus an important design and
development goal.

It might be concluded that a substantial re-
duction of the tolerance is the principal task,
zero deviation being the optimum. This is un-
fortunately not so because the final vehicle mass
m, on which the decaying thrust force acts, is
unpredictable within certain limits, due to weigh-
ing tolerances of the initial vehicle mass, and to
flow rate and mixture ratio tolerances. The
engine designer and developer will have to con-
centrate on reducing both: base value and
tolerance.

A glance at figure 2-2 shows that the area
under the thrust curve is a function of not only
decay time but also of main-stage thrust level.
In fact, the major portion of the shaded area is
accumulated prior to the beginning of thrust
decay. This observation has led to the utiliza-
tion of vernier thrust systems.

A vernier cutoff system is characterized by a
substantial thrust reduction before final cutoff.
This can be accomplished by thrust reduction,
for a few seconds, of the main engine itself (V-2
fashion) or by shutdown of the main engines,
while much smaller engines continue for a brief
period (typical: 0-25 seconds, depending on
final Av required).

It should be emphasized that any components
that must be added to improve cutoff character-
istics are basically undesirable, since engine
complexity is drastically increased. The addi-
tion of such components should be avoided at all
costs. Here again, close coordination between
the vehicle (guidance) designer and engine de-
signer, and thorough understanding of their com-
mon problems, is vital.

Mixture Ratio

As is well known, complete combustion of a
given amount of fuel requires a corresponding

amount of oxidizer. That mixture ratio which
effects complete combustion, with no leftover of
either fuel or oxidizer, is called the stoichio-
metric mixture ratio. This ratio depends on the
type of propellants used. Theoretical temper-
ature and heat release are maximum at this ratio.
In rocket engines, however, where the highest
possible exhaust velocity is desired, optimum
conditions often prevail at other than stoichio-
metric ratios. Kquation 1-18 indicates that the
gas properties strongly affect exhaust velocity.
The expression for the specific gas constant, R,
in equation 1-18 may be rewritten as—

[}
r=&
U
where R' is the universal gas constant and is
the molecular weight of the gas (see table 1-1).
The lower the molecular weight, the higher
the exhaust velocity, other things being equal.
Analytical and experimental investigations will
determine the optimum point of balance between
energy release (heat) and composition (molecular
weight) of the gas, a portion of which will con-
sist of gasified but unburnt propellants. The
optimum point may also be affected by—

(1) Stay time of the burning gas in the com-
bustion chamber.—Stay time is a function
of combustion chamber volume and of
gas volumetric flow rate. Complete com-
bustion, even though desirable, requires
a finite time which is not available un-
less the chamber is relatively large, and
correspondingly heavy. A compromise
in chamber size, therefore, is often
made. This leaves unburned a small
percentage even of those propellants
entering the nozzle, which could have
burned given sufficient time (chamber
volume). This percentage must be con-
sidered for accurate determination and
optimization of the composition of the
combustion gases and when optimizing
the gas properties with energy release
and system weight.

(2) Cooling considerations.~-The temperatures
resulting from stoichiometric or near-
stoichiometric mixture ratios, dependent
on propellant tvpe, may impose severe
demands on the chamber-wall cooling
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system. A lower temperature, therefore,

may be desired and obtained by select-

ing a suitable ratio.
Once the optimum mixture ratio has been deter-
mined for a given engine system, based on the
major factors just discussed, it is obvious that
deviations from it would result in engine per-
formance penalties. Since the vehicle powered
by an engine will have been sized and tanked to
conform with the specified engine mixture ratio,
it is important to know that deviations will also
result in reduced vehicle performance, namely:

(1) Reduced engine duration, due to premature

exhaustion of one of the propellants

(2) Reduced mass ratio, due to excessive

residual amounts of the other propellant
(increased burnout weight)

Since the relationship between engine per-
formance (Is) and mixture ratio for many systems
is usually relatively flat near the optimum point
(fig. 2-3), the effects from duration and burnout
weight may well be the most influential ones for
vehicle range.

The effects of even minor discrepancies in
mixture ratio (propellant utilization) are sub-
stantial. For instance, in a typical single-stage
medium-range ballistic missile, each pound of
excess burnout weight will result in a range de-
crease of approximately 0.2 nautical miles. For
long-range vehicles, the penalty is still higher.
The close target tolerances that have occasion-
ally been reported for test flights illustrate the
remarkable degree of accuracy which can be
achieved from all contributing subsystems.

340

320

300

SPECIFIC IMPULSE, SEC

280 /
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Figure 2-3.—Theoretical thrust chamber perform-
ance vs mixture ratio for N,0,/N,H, at
pc =1000 psia shifting equilibrium and optimum
sea level expansion.

Weight

The parameter of weight, as no other, domi-
nates the thinking of those employed in rocketry.
Weight of payload flown over a distance, or
placed into orbit, is the ultimate accomplish-
ment. Success is often gaged directly in pounds
of payload flown per dollar spent.

The importance weight rightfully carries does
not necessarily mean that it is all important. For
instance, a somewhat smaller payload placed
into orbit more reliably, or at a lower cost per
pound, may be prefecred. By and large however,
weight is a most important consideration.

As we have seen earlier, a vehicle’s final
velocity is a function of, among other param-
eters, its mass ratio. The smaller the final
mass, the higher the final velocity. However,
since payload mass should be as high as possi-
ble, the weight squeeze is applied to all those
vehicle components which are not payload. This
includes the engine.

To isolate the influence of vehicle-structures
weight, a parameter called “propellant fraction”
has come into increased usage. This factor ex-
presses the ratio of the total propellant weight
to the fueled vehicle weight without payload.
Typical values are 0.94 for turbopump-fed sys-
tems, and 0.89 for pressure-fed systems. For
turbopump-fed engines, the ratio of thrust to
engine weight is a useful additional yardstick.
Larger modern liquid rocket engines may fall
into a range from 75 to 125 pounds of thrust.l1b
of engine weight. These figures represent a sub-
stantial progress over the past (see fig. 2-4).

As was seen with residual propellants, exces-
sive dead weight at burnout imposes penalties.
Therefore, whenever rocket engines can be made
lighter without compromising reliability and
structural integrity, the payoff in range and pay-
load will be sizable.

Engine and vehicle builders usually distin-
guish several types of engine weight:

(1) Dry weight.—The net weight of the engine

as it leaves the factory.

(2) Burnout weight.—The engine dry weight
plus residual, measurable propellants
remaining in the engine at cutoff. In a
typical engine design, burnout weight
may be 4 percent higher than dry weight.
Burnout weight is significant for vehicle
mass ratios (eq. 1-30).
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Figure 2-4.—-Substantial progress has been made in ratio of thrust to engine weight.



ROCKET ENGINE DESIGN IMPLEMENTS 37

(3) Wet weight.—The engine dry weight plus
all propellant within it, during main
stage. In a typical design, engine wet
weight may be 6 percent higher than dry
weight. Wet weight is significant for
vehicle in-flight center-of-gravity loca-
tion and moments of inertia.

(4) Wet gimbaled weight.—That portion of wet
weight representing engine mass which
is gimbaled for steering purposes. In
earlier designs this meant essentially
the thrust chamber and injector wet
weight. In later designs it often refers
to the entire engine less a relatively
small amount of stationary parts. This
weight is significant for gimbal actuator
loads and guidance control loop re-
sponse characteristics.

Ideally, dry weight and burnout weight should be
equal; that is, no propellants should be trapped
in the engine at shutdown. In practice, this will
not always be possible. However, the engine
designer can do much through proper design, siz-

ing and routing of lines, avoidance of traps, and
location of valves.

Because of the importance of weight control,
rocket engine manufacturers employ engineers
specifically in charge of this area. Table 2-1
shows a typical weight progress form, as it is
used by the Rocketdyne Division of North Amer-
can Aviation. It is revised and reissued period-
ically. Thus it becomes a useful tool to raise
early danger warnings. In our arbitrary example
a slight underweight is shown. However, the
table also shows that the data are based almost
entirely on estimated and calculated figures,
rather than on actual weighing results. This is
characteristic for the earlier phases of design
and development of a rocket engine. More often
than not, the weight advantage will disappear
gradually as the design firms up; then the
squeeze will be on. For convenient display of
the weight tendencies over time, a graph such as
shown in figure 2-5 will be useful.

The weight changes of the various compo-
nents as well as of the entire engine affect cen-
ters of gravity and moments of inertia. Through
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Figure 2-5.—A-2 stage rocket engine and accessory weight history.




TABLE 2-1.—-A-2 Stage Engine Weight Report

Model: A-2 stage . Changes

Contract: Spec Con- last to .

lssue: 1 weight tractor Last current Basis for current data

& Sl ,

Date: Feb. 28 1964 per changes [Current | status status Notes

R . (rev. status | (Report

Enclosure: original ; (col. 4 |Percent, | Percent,

Page: 1 design spec. No. 11) minus esti- caleu- P.ercenl,

Rerport No. 12 weht) col. H) mated lated actual

1 2 3 4 5 6 7 8 9 10
Rocket engine and accessories (at burnout) (A+D+E)| (1580) | (2380) | (2292) | (2112) | (+180)
Rocket engine and accessories (dry) (B+D) . (1485) | (2280) | (2181) | (2011) | (+170) (30) (52) (18)

A Rocket engine (at burnout) (B+C). ... ... .. (1365) | (2000) | (1923) | (1763) | (+160)

B Rocket engine (dry). .. ... ... (1300) | (1930) | (1850) | (1700) | (+150) (24) (59 an
Thrust chamber. ... . 500 750 730 640 +90 7 62 31
Gimbal bearing . ....................... R 40 55 2 | .. 6 94 0
Turbopump, fuel ... . ... ... ... ... ... ... 200 260 250 217 433 1 97 2
Mount, fuel pump . .. ... . ... .. ... ... o 25 30 27 | 1 87 12
Turbopump, oxidizer .. . ... ... ............... 190 230 224 202 +22 0 33 67
Mount. oxidizer pump. . ... ... . ... ... ... ... 25 30 28 26 +2 3 82 15
Fuel feed system ... .. . . ... 70 100 95 96 +1 72 28 0
Oxidizer feed system. . ... .. ... . .. ... ... . 60 90 87 87 0 75 25 0
Controls (ignit. elect. pneuw.) . ... ... ..... ... 100 130 114 114 0 65 33 2
Exhaust system ... L. . 70 100 96 96 0 60 39 1
Propellant utilization system. ... .. ... .. . 10 15 12 10 +2 4 96 0
Start system .. L 0 140 135 135 Q 100 0 0

C  Fluid at burnout (rocket engine). (65) (70 (73) (63) (+10)

D Accessories .. (185) (350) (331) (311) (120) (57) (41) (2)
Inlet line, fuel pump . .......... . ... ........ 50 85 79 74 +5 33 65 2
Inlet line, oxidizer pump. ... .. ... ... ... .. .. 50 85 81 75 16 30 64 6
Helium bottle ... . ... ... .. ... . ... ........ 0 24 21 21 0 100 0 0
Heat exchanger, oxygen ... ................. .. 30 34 31 27 +4 12 82 6
Flowmeters . . ... .. .. .. .. ... ... ..... 5 6 5 5 0 100 0 0
Instnumentation. . ... ... ... 0 L 50 80 78 73 +5 100 0 0
Veliicle connection provision. .. ............. .. 0 36 36 36 0 100 0 0

E Fluid at burnout (accessories) ... ... ... ........ (30) 30) (38) (38) (0)
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SINIONT 13IND0¥ LNVI13d0dd dAINDIT 40 N9IS3a




ROCKET ENGINE DESIGN IMPLEMENTS 39
A-2STAGE ROCKET ENGINE
CENTER OF GRAVITY AND MOMENT QOF INERTIA DATA
issye 12 ENCLOSURE
DATE February 28, 1964 PAGE |_OF 1
+ I
LOX Pump
- X - Y
Fuet Pump
g GiMBAL (Y 0)
NOTE: ltems (1) thru (3) represent the moment of inertia
about specified C.G.'s. Items (4) and (5) represent
the moment of inertia about the referenced gimbal axis.
WEIGHT CENTER OF GRAVITY — INCHES MOMENT OF INERTIA - SLUG FT?
DESCRIPTION LBS. Y - ARM Tx_un ﬁ- ARM Y-x [ X-x I z-1
(1) Rocket Engine - Acc. — Dry 2481 £23.3 «1.5 -0.7 176 391 362
(2) Rocket Engine . Acc. — Wet 2317 L2255 <15 -0 i85 41 379
(3) Rocket Engine - Acc. ~ Burnout N L1177 18 -0.2 184 408 378
{4) Gimballed Mass ~ Dry 2061 +25.2 <15 0.2 143 677 649
(5) Gimballed Mass - Wet 2086 <146 <15 -02 77 688 662
Figure 2-6.—~Typical data sheet for center of gravity and moment of inertia.
issue of a data sheet as shown in figure 2-6, all Vbo=Cyc-8-(Is)oa In
arties concerned can be kept informed on
P P Stage usable Stage Stage
changes as they occur. .
propellant +payload+ inert
Note that the data presented in table 2-1 and weight weight weight
i - - - - 2-1
flgu.res 2-5 and 2 6 are for the 150K A-2 stage Stage payload _Stage inert (2-1)
englpe system which _1s a part.of an assumed ' weight weight
multistage space vehicle configuration treated in
later chapters. where
Let us now explore the influence structural
weight has on the performance and gross takeoff Stage inert _Stage residual propellant
weight of a rocket vehicle system, and how its weight weight at burnout
magnitude varies with the design parameters of
) ) i Stage structure,
different vehicle systems. The quantitative St ) 'd 4 other
relationships will be evaluated individually for , >tage engine | guidance and othe (2-2)

each case.

Equation (1-30) can be rewritten for the stage
burnout velocity of a single-stage vehicle, or the
stage velocity increment, of any individual stage
of a multistage vehicle system as:

system weight weights, which are

not payload

It can be concluded from these equations that
tor a given burnout velocity, there is an even
weight trade off between stage engine system

.2
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weight and stage payload weight. 1f the weight
of all other items were kept constant, a pound
decrease in the stage engine system weight will
increase the stage payload capacity by 1 pound.

For a fixed payload, and assuming other items
except engine weight to be constant, the relation
between the stage velocity increment, Vy,o, and
stage engine system weight for a given system
can be written as

Voork: n<k3 + Stage eng.ine system we%ght) 2.3)
k, + Stuge engine system weight
where
ky =Cycglls)oa =constant

Stage residual

+ propellant weight
at burnout

. Stage structure, guidance
and other weight

k, =Stage usable propellant weight+k, = constant

Since k, <kj;, the denominator will decrease
more rapidly than the numerator, with decreasing
engine weight. Thus for fixed payloads, an in-
crease in burnout velocity is realized which will
pay off in longer range or higher orbit.

For a given burnout velocity and for a fixed
pavload, the required stage average overall spe-
cific impulse (Is)oa in terms of stage engine
system weight can be established as

ko - Stage payload
27 weight

=constant

Stage engine
U ores ki1 3 " system weight (5.4
= S/ n - Z-
sloa = "4 Stage engine )

system weight

2

where
14
k4 - bo
Cyeg

= constant

Equation (2-4) shows that with decreasing
engine-system weight, the overall specific im-
pulse requirements decrease.

Another parameter illustrating the importance
of weight is the growth factor of a rocket vehicle
system. For instance, if the weight of a compo-
nent increases, it is possible to adjust for this
by increasing the weight of the propellants
loaded and thus possibly that of other compo-
nents, such as a pump, to maintain the same
required vehicle performance; i.e., payload and

vehicle trajectory. Therefore, if one part of the
vehicle svstem exceeds its weight allotment by
1 pound, an increase of the total vehicle system
weight at takeoff by a certain number of addi-
tional pounds will result. Growth factor is de-
fined as the total vehicle system (including pay-
load) weight increase at takeoff, divided by the
causal increment of added inert and/or payload
weight. It is emphasized that the growth factor,
for a given vehicle svstem, is not a precise
value, but varies within a band. For instance, a
small weight increase of a component in an ex-
isting system may only require the addition of a
corresponding small amount of propellants, but
not require enlargement of the tanks, valves, etc.
Accordingly, the growth factor will be small. In
another case, the weight increase may be “the
straw that breaks the camel's back,” requiring
the use of the next larger valve size, duct size,
or the like. The growth factor will then be large.
In general, however, the growth factor of a
vehicle system is a useful tool during the pre-
liminary design of an engine system, because it
attaches a tangible value to the importance of
the engine-system weight. A systems weight
increase may be considered “uninvited payload.”
For single-stage vehicles, and relatively small
weight changes, the value of the growth factor
then can be expressed with sufficient accuracyas

Total vehicle system
weight at takeoff

Payload weight

Growth factor = (2-5)

For any stage of 4 multistage vehicle, the
approximate value of the growth factors against
total vehicle system weight at takeoff can be
expressed as

Total vehicle system
weight at takeoff

(2-6)

Growth factor = Stage payload weight

The growth factors of any stage against the
vehicle system weight at ignition of the same or
lower stage can be expressed as

Vehicle system weight
at same or lower
stage ignition
Stage payload weight

Growth factor = 2-7)
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Sample Calculation (2-1)

A three-stage rocket vehicle system has the
following weight data: Total vehicle system
weight at takeoff, 40000 pounds. Vehicle sys-
tem weight at second-stage ignition, 7500
pounds; vehicle system at third-stage ignition,
2200 pounds; payload weight, 700 pounds. For
each pound increase of engine system weight of
first, second, and third stages, respectively,
determine (at a constant vehicle performance):
(a) increases of total vehicle system weight at
takeoff; (b) increases of vehicle system weight
at second- and third-stage ignition.

Solution

(a) Payload weight of first stage = vehicle
system weight at second-stage ignition=
7500 pounds

Payload weight of second stage = vehicle
system weight at third stage ignition=
2200 pounds

Payload weight of third stage = actual
system payload weight =700 pounds

From equation (2-6):

(1) Growth factor of first stage against ve-
hicle system takeoff weight =

Vehicle system takeoff weight 44000
First-stage payload weight ~ 7500

5.86

(2) Growth factor of second stage against
vehicle system takeoff weight =

Vehicle system takeoff weight 44000

Second-stage payload weight ~ 2200 =20
(3) Growth factor of third stage against
vehicle system takeoff weight=
Vehicle system takeoff weight 44000 62.9

Third-stage payload weight ~ 700

Therefore:

For each pound increase of first-stage engine-
system weight, the increase on vehicle sys-
tem takeoff weight =5.86 pounds

For each pound increase of second-stage
engine-system weight, the increase on vehicle
system takeoff weight =20 pounds

41

For each pound increase of third-stage engine-
system weight, the increase on vehicle sys-
tem takeoff weight=62.9 pounds
(b) Note that the weight growth of lower

stages will not affect the upper stage weight
growth. For an increase of first-stage vehicle
system weight, there will be no weight changes
on second and third stages, and for an increase
on second-stage vehicle system weight, no
weight change is required for third stage.
From equation (2-7):
(1) Growth factor of second stage against
vehicle system weight at second-stage
ignition =

Vehicle system weight
at second-stage ignition 7500 _

Second-stage payload weight ~ 2200 3.41

(2) Growth factor of third stage against
vehicle system weight at second-stage
ignition =

Vehicle system weight
at second-stage ignition

Third-stage payload weight ~ 700

290 10.72

(3) Growth factor of third stage against
vehicle system weight at third-stage
ignition =

Vehicle system weight
at third-stage ignition 2200 _
Third-stage payload weight ™ 700 ~

3.14

Therefore:

For each pound increase of second-stage en-
gine system weight, the increase on vehicle
system weight at second-stage ignition=3.41
pounds

For each pound increase of third-stage engine
system weight, the increase on vehicle sys-
tem weight at second-stage ignition=10.72
pounds, and the increase on vehicle system
weight at third-stage ignition=3.14 pounds

The correctness of results can be checked by
recombining the individual stage growth factors
to obtain the growth factor for the entire vehicle
system:

3.14x3.41x5.86=62.9

L
,':
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Envelope (Size)

The linear dimensions of liquid propellant
rocket engines require relatively elaborate de-
scription and frequently cannot be made clear
without a drawing. In those cases where only
approximate values are required for comparison
or for overall estimates, the term “envelope” is
preferred. For instance, definition of a hvpo-
thetical smallest cylinder, cube, or sphere into
which the engine would fit conveyvs a good feel-
ing of engine size or bulkiness.

Obviously, engine size directly affects engine
weight, the importance of which was emphasized
above (fig. 2-4). Aside from the engine itself,
numerous other areas are directly affected by
increasing engine size:

(1) The vehicle structure, which becomes
heavier, especially with upper stages.
Engine size directly affects the size and
thus weight of the aft end and/or inter-
stage structure.

(2) Handling equipment and procedures be-

come more costly
3) Servicing becomes more difficult

(4) Manufacturing machinery becomes larger

(5) Storage and transportation means become

more bulky

In several of these areas, there is a definite
upper limit, such as railroad tunnel sizes, clear-
ances on bridges and underpasses, and available
machine tools.

The selection of the thrust-chamber expansion-
area ratio has a very pronounced effect on engine
envelope. When optimizing the thrust chamber
expansion area ratio, which is also influenced by
performance, weight, pressure drop, heat trans-
fer, and other considerations, its effect on en-
velope, and thus on other vehicle systems, must
be considered (section 10.9).

Reliability

The subject of reliability has become almost
4 branch of science by itself. In addition to the
designer, to the development engineer, and to
the user, mathematicians, statisticians, and
“human factor” and “man rating” specialists are
involved. Numerous books have been written on
the subject and manufacturers maintain entire
groups to predict, monitor, tabulate, and evaluate

the reliability of their products. This emphasis
on reliability is well justified and is of particu-
lar significance to rocket engines. The advent
of manned space flight has placed even greater
emphasis on rocket-engine reliability.

Reliability may be defined as the capability
of the engine to perform according to specifica-
tions, whenever “the button is pushed.” The
degree to which this is met can be expressed in
figures and graphs. If the evaluation is made
following a test series, reliability can be simply
expressed as the ratio of success to failure, say
98 percent (2 failures and 98 successes in 100
runs). As there is no guarantee, however, that
the system under test will perform identically in
subsequent tests, reliability predictions are
made, the accuracy (“confidence level™) of which
increases with the amount of previous informa-
tion available. The interrelation of reliability
and its confidence level is something the statis-
ticians have much to say and write about.

What can the rocket engine designer do to
achieve the highest possible reliability, as early
as possible? Below are compiled a few pointers
and thoughts which have proven valuable, not
only in rocket engine design. They will be fol-
lowed by specific details for the implementation
of a reliability-assurance program.

First of all, painstaking execution of all cal-
culations and drawings that are part of a given
design is an obvious requirement. This includes
the thorough study of previous experience, one’s
own as well as that of others; familiarity with
and cortrect application of accepted and proven
design standards and procedures; clearly written
statements and instructions; clear line draw-
ings. It cannot be overemphasized: it pays to
spend that extra hour in carefully checking re-
peatedly every detail of a design and its contem-
plated mode of operation, before its commitment
to manufacture and subsequent use. Neglectmay
have to be paid for by manv months of toilsome,
tearful, embarrassed “corrective action,” often
causing losses of hundreds of thousands, even
millions of dollars. When making these checks,
the most pessimistic assumptions of what some-
one else may do wrong during manufacture,
assembly and use, are not out of place.

The designer should not rely solely on his
own judgement. Careful and independent check-
ing of all calculations and designs by superiors
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and by independent checkers is important. Early
availability of a wooden (or “soft”) mockup of
the engine under design will be an invaluable
tool to avoid costly errors that subsequently may
seriously affect schedules and reliability. Spe-
cific recommendations for design and checking
techniques will be made in section 2.2,

“Reliability” is sometimes treated as being
synonymous with “simplicity.” Undeniably,
simplicity of a design contributes significantly
to increased reliability. Parts which do not ful-
fill a truly useful purpose should be omitted.
This may include many of the so-called safety
features and interlocking devices, which often
cause more trouble than they prevent. Early
designs of liquid-propellant rocket engines have
indeed frequently suffered from such an overdose
of sophistication and safety devices. Many of
the more recent designs have been substantially
improved in this area, to a point where caution
must be exercised not to overshoot the target and
not to lose that flexibility which only liquid-
propellant systems can provide, as compared to
solid-propellant systems. Simplifications, like
all other design features, must be carefully
planned and evaluated. Simplification by elimi-
nation of a useful component must not become an
excuse for failure to improve that component if
its absence could severely penalize other sub-
systems, or maintenance and servicing proce-
dures.

For instance, to avoid a troublesome sealed
connection it may be decided to omit flanges and
seals and to weld it. However, if one of the
lines thus connected were inadvertently pinched
in the field, removal of the entire engine from a
vehicle under preparation for launch would be-
come necessary. Thus, a simple replacement
may be magnified into a major operation. To be
sure, welding or preferably brazing may indeed
be the best solution for many problem connec-
tions. The point is, this will not be true for all
connections. Careful analysis of all aspects
including handling and in particular mishandling
by the user, is necessary.

In another example, tests may have shown
that an engine could readily be set up and cali-
brated to specifications by means of orifices,
eliminating previously-used regulators. Engines
are delivered accordingly. With rocket engines,
it is entirely normal that many months, if not
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several years, may elapse between delivery and
final use. Much can happen during this period.
For instance, changes of plans for the mission
may have made another thrust level more desir-
able. In this case, the adjustment by means of
orifices, in particularits verification, becomes a
major operation. While the omission of a stra-
tegic regulator was indeed an engine simplifica-
tion, for the vehicle system it turned out to be a
complication. The point here again is; the care-
ful evaluation of a planned omission must con-
sider all aspects, including changes of plans.

Reliability Assurance

The emphasis on reliability must not remain
an empty slogan. Fortunately, implements are
available to the rocket engine designer which
can assist him effectively to achieve the highest
degree of reliability. One of these, an effective
failure reporting and correction system, will be
discussed in section 2.2. Equally, if not more
important, is a most effective failure prevention
system. The numerous activities contributing to
the latter may all be considered part of a reli-
ability assurance program. The quality of de-
sign, without question, is the program's founda-
tion upon which all subsequent phases rest. The
characteristics of a reliability-assurance pro-
gram, then is that its most significant steps
(analyses, design reviews, design improvements)
are taken before the design of a component is
finalized; before the development test program
is initiated; and again before the first vehicle is
committed to launch.

Definitions

The definitions used in rocket vehicle reli-
ability assurance programs vary widely with
individual preferences, with the object under
design and development, and with the missions
contemplated. The definitions given below are
typical, have been used in actual rocket engine
and vehicle programs, and can be readily adapted
to others. For the sake of cl