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FOREWARD

During 1970 GSFC personnel were actively engaged
in studies in support of the definition of an aeronautical
satellite system for the oceanic region. The conceptual
spacecraft design in this report was performed by the
Space & Electronics System Division, Fairchild-Hiller
Corporation, Germantown, Maryland, on contract
NASS5-11822 in support of the studies and under the
direction of the authors.




1.0 INTRODUCTION AND SUMMARY

This volume presents the conceptual design and analysis of a geo-
synchronous equatorial satellite to be used for aeronautical services. The satellite is
referred to as a Hybrid since it will be capable of communication at either VHF or
UHF (L-Band) or at both frequency bands simultaneously. The concept studied herein
is a momentum wheel stabilized, earth-oriented satellite, with UHF, VHF, and
C-Band Earth pointing antennas. The 900-watt satellite is launched on the Advanced
Thorad-DELTA launch vehicle and utilizes an apogee engine to achieve synchronous
equatorial orbit. The primary purpose of this study is to determine if a Hybrid
satellite design which satisfies the assumed stated guidelines is compatible with the

DELTA launch vehicle capability. .

; Since the material presented is the preliminary result of a conceptual
design study, the results should therefore not be considered final. As such, some of
the conceptual approaches presented are not fully proven and require further investi-
tion. In order to expedite the design study, the trade-off studies in various areas of
interekst were performed in parallel. Consequently slight differences in assumptions
may be found. However, each discipline has been approached in a conservative manner

and the impact of these differences on the spacecraft design concept is inconsequential.

, The design of the mobile and earth segments is not included as a part of this study

since the feasibility of the spacecraft is the main objective.

The study guidelines are tabulated in Section 2. 0, as well as the
mission sequenée of operation._ Although it is fully realized that the mission guide-
lines are not firm at this date, the study has shown that the specific guidelines that

were chosen for the study can be met, but the marg'in is not as great as one would
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prefer at this stage. Design compatibility with most of the guidelines stated has
been verified, and the corresponding data is included in this report. However,

due to the sensitivity of the Hybrid design, verification of concurrence with some of
the guidelines require more detailed analysis than that normally performed during a

conceptual study effort.

Section 3.0 presents the overall system description. This section
is included to familiarize the reader with the overall mission description with which
the Hybrid satellite system must be compatible. The overall approach to aircraft

communication and surveillance is discussed. This section also includes a general

description of the spacecraft and its subsystem.

| Section 4. 0 presents a mere detailed conceptual design of the space-
o craft. Alfhough several concepts were considered, a:IV,I earth-viewing satellite with |
A sun tracking solar arrays seemed to be the most prac%i“cal approach with preference
towards housing the VHF electronics with the VHF antenna., Once the VHF electronics
were thus housed with the earth-viewing antennas, it seemed advisable to place the

L-Band electronics in the same module thereby eliminating any rotation b'etWeen the

YWIFT AT i

1 L-Band electronics and the L-Band antenna. Since a significant portion of the satel-
lite equipment was thus incorporated in the earth-viewing module, it was most prac-
’ "'f'??:“ tical to include the remainder of the spacecraft subsystems therein, The design

concept presented is a typical example of an earth-oriented synchronous satellite but
does not necessarily represent the optimum design at either the system or subsystems

level. The concept does utilize existmg space proven hardware whenever possible.

Although the spacecraft concept presented appears feasible and

T compatible with the DELTA launch vehicle, there are several disadvantages associated

with it. The concept presented reflects a high risk design (no array/wheel failure

modes of operation) and a minimal eclipse capab_ility. A weight growth margin of
only ‘;ni:ne percent (see Section 4.3 Mass Properties) at this early stage in the program
coul& cause many difficulties in the future. A ten percent margin (see Section 2.1
Guidelines) is usually the minimum acceptable margin, and fifteen pévrcent margin

wbuld be'preferable for a moment wheel stabilized synchronous satelliteé design, as
opposed to the more conventional spin stabilized design.

1-2




An additional weight savings of 35 pounds would be obtained
if the satellite were limited to VHF communications alone, rather than utilizing both
frequency bands. Of this weight, 5 pounds is allocated to the L-band antenna and

30 pounds to the transponder.

Conversely, an additional weight savings of 55 pounds would be
obtained if the satellite were limited to L-band communications alone. Of this
weight, 8 pounds is allocated to the VHF antenna, 27 pounds to the trahsponder, and
20 pounds to solar array and associated spacecraft structure. The 92-inch leng VHF helix
antenna causes a shadowing problem which requires those portions of the solar arrays
closest to the spacecraft body to be void of cells. This penalizes‘ the solar array
weight and consequently the spacecfaft structure weight by approximately 20 pounds.
(A trade-off study considering allowable shadowing of the cells vs. no shadowing of the
cells would have to be performed during the detailed design effort to be certain that

moving the cell area outhoard is indeed the best solution).

A further disadvantage of the power ‘supply system utilized is the
number of slip rings required. (The shunted system requires twice the number of
power slip rings as the non-shunted system.) The primary advantage of the shunted
power supply System, howevei;, is the near constant powér profile from start of life
to end of life of the spacecraft. Once firmer guidelines are established, a more
detailed trade-off analysis would bey pexfforihed prior to a final decision as to which

system is more applicable for this mission.

The thérmal control syStem is burdened by the earth-oriented concept
in that every facet of the equipment module is impinged by sdlar energy at one time or
another, as opposed to a sun-oriented satellite which would have approximately 50% B
of its area always radiating to cold space. In order to maintain the thermal conffol ’
required in the guidelines, a rather unique thermal control system (see Section 4.4)

was devised.




The selection of an earth-oriented spacecraft as the prefe‘i'red ap-
proach for the Hybrid, with a single axis drive for the solar panels to track the sun,.
has a major impact on the favored attitude and orbit control system and its associatéd
advantages and disadvantages. The 0.5-degree accuracy guideline for 3-axis stabili-
zation to this reference orientation for a projected 3-5 year mission represents the
next most important factor affecting the attitude control system. This accuracy re-

quirement could be relaxed if only VHF communications were involved.

A large momentum wheel operating at a high bias speed is used for
semi-passive gyroscopic stabilization about the roll/yaw axes in the orbit plane, On-
board, closed-loop nulling of pitch angle errors is effected by limited up-down

accelerations of this same wheel,

Ground command of the hydrazine jets for 3-axis torqueing should
only be required every 1-2 days for corrective precession of the y axis, and to keep
the wheel running near its nominal bias speed. The varying solar aspect of the earth-
tracking satellite causes significant variations in the Sdom;inant solar pressure torques,

however, and makes them difficult to predict.

The proposed jet configuration provides a fully redundant 3~axis
torqueing capability. Because of the earth-oriented attitude of the satellite, additional
flexibility is provided by the body-mounted thrusters for precession of the pitch axis
in a given inertial direction. This could permit elimination of some of the thrusters

while still retaining redundant torqueing capabilities for reliability purposes.

_Several of the same thrusters are ground commanded for spin axis
precession and orbit control in the initial spin-stabilized mo’de used for attitude
control during coasting in the transfer orbit, and during injection iI;1t0: synchronous orbit
and initial correction thereof, Translation thru,sktex"s on thé #x sides of the satellite
can be ground commanded for East-West station keeping and station relocation at any

time in synchronous orbit,
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The Hybrid has been designed with a very favorable, high spin-to-
transverse axis inertia ratio while the panels are stowed for the spinning phase, Hence,
passive spin stabilization can be employed for the spin-stable satellite for long term

control in this mode, with no need for active nutation damping,

During the operational mode in synchronous orbit, use of a 2-axis
earth sensor aligned with the satellite's + z axis, which is caused to track the local
vertical, provides continuous roll (North-South) and pitch (East-West) angle information,

These are the angles of greatest concern from a mission standpoint.

Standby and/or functional redundancy have been provided for the
sensors and thrusters for reliable long life operation of the attitude and orbit control
systems during the initial spin and the final operational modes. The on-board control
functions have been minimized to improve weight/power and reliability, while still
placing reasonable command/control requirements upon the ground station for a
preoperational system, However, no truly effective back up operational mode has
been defin‘ed should the large momentum wheel fail, One possible approach is to use
two small wheels instead of one large oﬁe. In this way a reasonable mission
’capab:ility could be realized with reduced attitude control accuracy or more frequent
ground corrective commands should ohe wheel fail, This approach would probably

involve more weight and complexity in the wheel system, however.

Several additional disadvantages for the earth-oriented Hybrid are
that a fairly involved ground command/control ope ration must be performed to acquire
the reference orientation, and that failure of either one of the solar array drives would -

probably cause loss of attitude control.

- 1-5




2.0 GUIDELINES AND MISSION SEQUENCE

2.1 GUIDELINES

2.1.1 ORBIT

(a) Synchronous equatorial
(b) Two spacecraft in orbit

(c¢) Maximum shadow = 72 minutes
2.1.2 LAUNCH VEHICLE

(a) DELTA + 9 CASTOR I + TE-M-364-4

(b) Fairing - proposed Canadian Telesat fairing

(c) One spacecraft per launch

(d) Vehicle will inject 1355 lb. spacecraft into a 100 x 19, 323 N. M.
transfer orbit inclined at 28. 5 degrees

(e) Standard adapter - 53 lbs.
2.1.3 TECHNOLOGY

(2) Use available technology, space qualified when possible

(b) Five year desirable life time, 3 year minimum
2.1.4 COVERAGE AREA

The coverage area is the "NETCOS Polygon' (Section 3. 0)
for both communications and surveillance. (However future trade~offs between smaller
voice communication coverage and/or larger surveillance coverage areas could be

optimized)
2.1.5 - SPACECRAFT CRITERIA

The spacecraft shall be momentum wheel stabilized earth oriented in its
operational mode with solar panels that are single axis driven to track the sun. The
spacecraft design shall be capable of longterm survival in the spinning mode with a

spin axis orientation that is favorable for solar power generation. During this mode,




no surveillance and communication need be performed and the primary VHF and

L-band antennas need not be operative or deployed.
2.1.5.1 Stabilization

The spacecraft shall be passivly spin stabilized during the transfer
orbit and momentum wheel stabilized in synchronous orbit. A backup stabilization

mode is desired in the event of failure of the control system or solar array drive.
2.1.5.2 Power

(a) 900 watt, beginning of life raw power solar array

(b) Use lightweight rigid solar arrays and rechargeable nickel
cadmiuin batteries.

(c) Design solar array and battery for the following loads:

(1) 130 watts operational capability in shadow (85 for
housekeeping, 45 for surveillance). Note: If coverage
area is varied eclipse performance and battery weight
will chahge accordingly.

(2) 60 watts operational capability during the transfer orbit.

2,1.5.3 o Communications

(@) Use a combination of L band, C band, and VHF

(b) Use parabolic vr.efléctor with at least 22 db gain on the axis
and a 9. 5° by 12. 2° half power beam width for L-band
communications. !

(c) Use an 11 db gain helical antenna with a half Qbower—beam
width‘of 50° for VHF communications,

(d) Provide a C-Band antenna which gives a 11. 6 db gain in the
direction of the ground statiohs. |

(e) Provide a C-Band POﬁANG antenna, - -

33 Provide VHF capability for spacecraft telemetry and command

during launch and transfer orbit,



2.1.5.4 Structure
Lightweight design utilizing standard spacecraft construction.

2.1.5.5 Propulsi_og and Controls

(a) Use a solid propellant motor on the spacecraft for circularizing

the transfer orbit and removing its inclination

(b) Use hydrazine liquid propulsion subsystem for injection error
correction, orbital trim and attitude control. Velocity impulse
for c;rbit control shall be 360 f. p. s.

(c) No N-S station keeping

(d) 1/2 degree accuracy about all three axes.
2.1.5.6 Thermal

(a) Maintain hydrazine at 5°C or above.

(b) Maintain battery between 0°C and 10°C.

2.1.5.7 Attitude Determination

(a) Earth Séns’ing
(b) Sun Sensing
(c¢) POLANG

2.1.5.8 Weight

(a) Maximum injection weight into transfer orbit (including adapter)
1355 lbs.

(b) Provide weight contingency = 10% of the maximum possible

s_pacecraft weight after apogee motor firing.
2.1.5.9 Inertia

The spacecraft configuration shall have a favorable ratio of spin-to~

transverse inertias of 1.1 or greater for passive spin stability in the stowed configuration.
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2.2

MISSION SEQUENCE

(@)
(b)
(c)
(d)
(e)

(f)

()
(h)

(i)

(3)

(k)
)

(m)
(n)
(o)
(p)
(@)
(r)
(s)

Liftoff.

Third stage spin-up to approximately 75 rpm.

Third stage ignition.

Third stage burnout.

Spacecraft injection into 100 x 19,323 N, M., 28,5 - degree
inclined transfer orbit at the equator.

Spacecraft Separation, (Spacecraft spin axis in plane of
transfer orbit. )

Partial despin of spacecraft to approximately 45 rpm
Ground tracking of spacecraft to determine transfer orbit
injection errors. '
Reorientation of spacecraft spin axis to proper attitude for
apogee motor firing. Verification that spacecraft attitude is
correct for apogee motor firing.

Ground station will determine attitude using telemetry data
from the spacecraft attitude sensors and POLANG.

Apogee motor firing (approximately 36 seconds).

Ground tracking of spacecraft to determine spacecraft

orbit.

Initial correction of in-plane orbit errors using hydrazine system.

Despin spacecraft.

Deploy solar array panels.

Acquife reference earth-oriented attitude.

Uncage solar panels and activate drive motor to track sun.
Final correction of synchronous orta)”i‘t‘ errors.

Activate communications and initiate spacecraft operation.
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3.0 OVERALL SYSTEM DESCRIPTION

3.1 GENERAL

The Aeronautical Satellite System is composed of three primary

system segments, connected by a communication line, They are:

(1) the space segment
(2) the mobile segment, and
{3) the earth segment

The space segment consists of the launch vehicles and two space-

craft which would be placed by the launch vehicles into a synchronous geostationary

orbit located at approximately 20°W and 60°W longitude for North Atlantic Coverage.

The mobile segment consists of the aircraft (or possibly other

mobile user such as marine vessels),

e A e

The earth segment consists of the air traffic earth terminals, the Air

Traffic Control Centers, satellite control centers and required tracking and calibration stations.

The system complex is designed to meet particular requirements in
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fullfilling its role as an Aeronautical Satellite System.
For purposes of this study, the system provides surveillance and
communic:iion in an area defined by the following six (6) points which circumscribe

a spherical polygon in the North Atlantic,

Longitude Latitude
1 , 0° 15°N
2 0° 50°N
3 20°W 65°N
4 60°W 65°N
5 80°W 50°N
6 80°W 15°N

In a final deSig_n, separate surveillance and communication coverage

areas would be traded off with system capabiiities. |

e .
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3.2 EARTH SEGMENT
The Earth Segment consists of Air Traffic Earth Terminals

(ATET), Air Traffic Control Centers (AT CC), Satellite Control Centers (SCC), and
Calibration and Tracking Stations (CTS).
3.2.1 "~ AIR TRAFFIC EARTH TERMINALS

There is to be at least one ATET on each side of the Atlantic Ocean
and all ATET's will be essentially identical. Either ATET may act as a primary
while the other acts as a secondary and all functions are interchangeable. Either
ATET is capable of being the sole terminal for operating the system.

Basically, the ATET is the link that, via the satellites, connects the
Air Traffic Controllers with the Mobiles. It transmits and receives all signals
related to Air Traffic Control (surveillance, voice and data). It processes all
incoming data (such as computing mobile locations) and does the appropriate routing
of all signals to and from the mobiles and disseminates processed data (such as mobile
locations). It also proVides the overall system control, maintains timing, power and
frequency control, and directs any emergency operations.

The main facilities of an ATET consist of a ground station complex
with approximately a 10-footantenna, computers and software, signal routing equip-
ment, and all necessary interconnect lines.

" 3.2.2 AIR TRAFFIC CONTROL CENTERS

Initially there wili be many ATCC's as is presently the situation.
There may or may nét be an ATCC physically co-located with either or both ATET's.
For a preoperational system, not all aircraft will be‘oﬁtfitted with the necessary mobile
equipment to be part of the ATC sYstem. Hence, a pifeoperational demonstration must
be coordinated and phased in with existing AT C facilities and procedures. Eventually,
for an operational system',k it is envisioned that the ATCC's will be centralized and
located at the ATET's if the system economics so dictate. |

The main functions of an ATCC is to display all information to an
air traffic controller and he, computer aided, will make the ATC deceiisidns and

communicate with all the aircraft in his jurisdiction under cont‘rolyof the system via
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the ATET's (and through the satellites), The ATCC originates and terminates all ATC

messages. It interfaces with all the appropriate Air Traffic Service (ATS) organizations,

Certain ATC operations will be possible on a simultaneous and indepén~-
dent basis from either ATET without regard to which is acting as primary. For
example, any ATC Center can derive surveillance information by either ATET having
direct reception from the satellites. Development of operational procedures governing
the ATC network is a part of the preoperational experiment and these will be developed
and coordinated with all agencies and organizations involved,

3.2.3 SATELLITE CONTROL CENTER

There will be at least one Satellite Control Center, It may or‘n'aay

not be co-located with the ATET's depending on economic tradeoffs,

The Satellite Control Center would perform the normal functions

associated with the support of satellites in orbit including satellite functional commands;

station keeping control, house-keeping telemetry processing and general fesponsibility
for performance of the satellites,
3.2.4 CALIBRATION AND TRACKING STATIONS

The Calibration and Tracking Stations are at several geographical
locations depending on technical and economic tradeoffs. System design would incor-
porate standard techniques to utilize the station tracking network for spacecraft
ground communication during the launch ahd orbit acquisition phases.

In addition to these, it is necessary to provide within the system,
calibration stations for continuous calibration and system checkout of the tele-
communication link and system operation, | These stations are envisioned as sirﬁply a
duplication of equipment that is utilized in the mobile segment with communication links
appropriately routed to the other earth segment locations. |

3.3 - RADIO DETERMINATION (SURVEILLANCE)

The surveillance system is designed to accommedate at least 250
aircraft simultaneously within the required area of coverage. T_he system should be
capable of providing separation standards on the order of 30 nautical miles lateral, - -

2000 feet vertical and 5 minutes longitudinal, It shbuid be an "indebeﬁdent surveillance"

function and be able to provide some degree of flexible interrogation rate to accommodate

relatively fast and slow moving mobile users, Two modes of operation are possible

3-3
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as follows:
(1) For air traffic control active ranging with return links
from the aircraft; all of the signal processing is performed
at the Air Traffic Earth Terminal.
(2) For passive navigation the mobiles (aircraft, ships, etc.)
can compute their own position location utilizing on-board
clocks,
For air traific control one signal is transmitted from the earth
terminal at frequency fl (Figure 3,3-1) to one of the satellites on a continuous basis
(for example Sl). The aircraft receives this signal at frequency f2 and periodically
returns it along with altitude and aircraft identification data to both satellites
simultaneously using a single frequency, f X All aircraft transmissions are automatic v
and are timed relative to all others so that they arrive sequentially at each satellite in
a time division multiple access format. The composite Signal is relayed from edch
satellité to the earth terminal at frequencies f 4 and fs. The Air Traffic Earth Terminal
then identifies each aircraft signal and performs all computations to determine the
aircraft positions.
For the passive navigation mode of operation the Air Traffic Earth
Terminal emits two signals at frequencies f1 and f 6 The vsigna.ls received é.t each
satellite are adjusted, relative to time delay, to compensate for the range differences: i
in the links from the satellites to the earth terminal, The two signals received at the |
mobiles can then be utilized (with the on-board clock) to compute position on the mobile.
The surveillance signal transmitted to each mobile contains two
components, the ranging waveform and a system control and surveillance data channel,
Similarly, the signal returned by the mobiles contains, in addition to the repeated rénging,
wavéform, a system control and surveillance data channel. Both digital and sine wﬁve o
analpg ranging waveforms are being considered for the system. An analog ranging
system can provide more rapid acquisition, an important feature in a time division : ;f

multiple access system. On the other hand, the”digital signal, if properly designed, could

o T S

provide some protection against multipath 4nd other radio interference. Selection of a

T

ranging waveform is somewhat dependent on whether an analog or digital voice modula-

tion technique is used.
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Considerable attention must be devoted to the choice of the ranging

waveform, Multipath measurements are, of course, necessary to support these studies.

3.4 DATA AND VOICE TELECOMMUNICATION

The system provides voice and data channels on each satellite. The
nominal goal for word intelligibility should be 95% for at least 95% of a message (articu-
lation index of about .6). The data channel capacity is to be 1200 bits per second with a

maximum bit error rate of 10-5

Both analog and digital methods of voice processing and modulation

may be considered for the voice channels. Amplitude and frequency truncation along

with narrow-band FM may be considered as an analog candidate, PCM, delta modulation

( and its variations) and pulse duration modulation, all coupled with DPSK, may be the

digital candidates. One of the major difficulties underlying the selection is the lack

of a good quantitative method of comparing the channel performance of the various techniques,

3.5 SPACE SEGMENT

The following section of this report (4.0) presents the detailed design

and analysis of the presented concept. The spac,écraft is a synchronous, equatorial

momentum~-wheel stabilized design which is to be used for air traffic control experiments

in aeronautical services, thus it is a very basic satellite in that no extraneous experi-

ments are included., As can be seen in Figure 3. 5-1 the satellite consists of the main

spacecraft module, (a parallelepiped), two large solar arrays, and several earth pointing

anténnas. The weight distribution is given in'Table 8.5-1. The major subsystems which
are discussed in furthér detail in Section 4.0 are communications, power supply, tele-
metry and command, thermal control, and attitude and orbit control. A brief discussion
of each of these follows. o
3.5.1 COMMUNICATION SUBSYST EM

The commumcanon subsystem receives signals at C-band, L-band
and VHF, The signals are amplified, filtered, and converted to the intermediate
frequency. The signals are then directed to one of three IF amplifiers, where they
are further amplifier and filtered. The output s1gnals of the IF amplifiers are directed
to the transmitter, up-converted, filtered, and amplified to the power level required

for t'ransymission, in either C-band, L-band, or VHF,.
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Table 3. 5-1 Hybrid Spacecraft Weight Summary

Item ' Weight

Power System : 210.4
TM and Command System 26,3
Communication System 74.3
Antenna System

¢ L Band

e VHF Band
Stabilization and Control System 4
Auxiliary Propulsion System 7
Thermal Control System 1
Electrical Distribution System 3
Structural System : 8
Apogee Motor Inerts (burn-ont) 4
Weight Growth 6

Apogee Motor Propellant* 614.5

Separation Weight 1302,

Adapter (launch vehicle) , 53.

Gross Weight 1355,

*Includes 5.4 lbs, of low performance expendable inerts,
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The transponder has flexibility, in that signals received in any bana
may be switched to any of the frequency bands for transmission.
The transponder makes efficient use of three identical IF amplifiers,
in that any one of the IF amplifiers may be switched (by ground command) to any one of
the received signals. Redundancy at IF is achieved economically, by means of switching.
The transponder has good capability for simultaneously handling signals
on all three fre(]ue‘ncy bands. This would permit, for example, an L-band and a VHF
signal to be received from the same aircraft at the same time. Analysis of propagation
effects (fading, absorption) would be facilitated. |
The transponder has good reliability, in that redundant up- and
down-converters, IF amplifiers, local oscillators, and power amplifiers are proposed.
The communication subsystem utilizes a simple, deployable, helix
antenna for the VHF band. At L-band a reflector-type antenna is used, with unequal
beamwidths which provide near optixnu111 coverage. A small electromagnetic horn
provides the coverage needed for the C-band communication links to the satellite
control centers. During the transfer orbit, a low-level signal, with small cross- f
polarized component, will be radiated from a C-band linear dipole array. |
For purposes of this study the coverage areas reflected in the system
guidelines have been accepted. Further studies of the operational situation may result
in slightly different coverage requirements. Small changes in the reflector antenna (at
L-band) and in the horn antenna (at C-band) may accommodate the new requirements.
The communication subsystem avoids the need for new and unproven
components and techniques. Lengthy and expensive development efforts are thus
obviated. The exception may lie in the area of L-band, solid-state, power amplifiers,
where values of efficiency, reliability, and cost are not as well defined as at lower ,
frequencies, _
With the present spacecraft design, the weight margin is only 9%.
This margin is very sensitive to aircraft antenna gain, as can be seen in Figure 3.5-2,
In the figure, 1 VHF and 1 UHF referto a group of 1 voice, 1 digital and 1 surveillance 5
channels transmitted at VHF or UHF, respectivély; similarly, 2 VHF and 2 UHF refer
to 2 voice, 2 digital and 1 surveillance channels. The spacecraft design proposed
in thls report provides 400 watts of dc power for the commumcatlon transponder and

requires an aircraft antenna gain of 5 dB, at UHF, for full communication capability,
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At the present early stage of conceptual spacecraft design, it is
desirable to have a spacecraft weight margin of 15%. To achieve this value requires an
aircraft antenna gain much in excess of 12 dB, Such high gains are not practical.

Consequently, the confidence level in the spacecraft design is not as high as desirable,

3.5.2 POWER SUBSYSTEM

The power system configuration chosen is capable of effidiently
meeting the spacecraft load requirements and is commonly known as a Direct Energy
Transfer (DET) System. It is similar to that used on the S3 and IMP-] spacecrafts,
Power is provided by the solar array durihg sunlight operation and by hermetically sealed

nickel-cadmium storage batteries during solar eclipses. A high efficiency boost converter

is provided to boost the battery voltage and to provide a regulated voltage to the loads.
The battery syastem consists of two identical battery packages which share applied loads.
This approach provides versatility for satellite thermal design, CG and inertia control,
and ease of installation, as well as facilitating battery charger design. The battery sys-
tem is designed for normal operation at approximately 40 percent depth-of-discharge at
synchronous orbit conditions for a design lifetime of five years in orbit. Battery dis-
connect plugs are provided to facilitate battery control modes before launch and in-flight
battery conditioners are implemented to allow reg@nditidning of the batteries due to poss-
ible failure modes that would impose additional cycles or deeper depth-ofadischarge on
the batteries. The bus tie relay allows the two solar array power buses to operate inde-
pendently or in parallel for failure mode consideration, The power system estimated
power loading is shown in Table 3. 5-2. | |

| Telemetry equipment performs the functions of multiplexing and
formatting of housekeeping data from all spacecraft systems for transmission‘l to the
control ground station, Axialysis of this data permits ground monitoring of equipment
configuration and major 'o'pérating parameters. The command syskt:emi receives, decodes
and executés ground commands which control the operating sfatus of spacecrait equipment.
T&C transmittéfs and receivers'op'erate at VHF utilizing a.common omnidirectional
antenna; tliey are independent of the communications repeater, Equipment redundancy

is utilized to achieve high reliability in both functions.
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Table 3+5-2
Power System Night/Day/Transfer Orbit

Average Power loads

Average Average Average Transfer
Night Loads Day loads Orbit Loads
Systein (watts) (watts) (wattls)
T& C 18 18 18
Att. Cont. 42 42 30
Comni. 45 400 2
Power 25 45 10
Totals 130 505 60
3.5.4 THERMAL CONTROL SUBSYSTEM % '

Temperature control for the Hybrid is achieved by employing a system
of louvers, heat pipes, super insulation, and thermal control coatings. The louvers
are mounted to honeycbmb panels located on the north and south sides of the spacecraft.
By virtue of the square cross-Section chosen for the equipment module, the north-south
faces present large flat surfaces onwhich solar impingemeant is minimized. The bulk , V , |
of the electronic eompenents are mounted directly to the interior surface of the honey-
comb. Heat pipes are embedded in the panel and distribute the heat load over the entire
face from which it is radiated directly to space, '

With the exceptmn of the louvered and passive areas on the north-
south faces, the entire equlpment module is covered with super-insulation. The insu- | s

Jation reduces the dependence on thermal coatings to a minimum and insures that the heat G e
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of the critical components will be directed through the louvers which provide a
variable thermal resistance which is a function of temperature,

The equipment module is divided into two temperature control
compartments or regions, The first, hereafter referred to as Region I, contains
six square feet of thermal louvered area located on the north and south facing sides.
The batteries and housekeeping equipment items are housed in this compartment,
Thermal control is prov_ided to maintain the temperature of the component mounting
base plate between 0°C and 10°C for all orbit conditions. |

Region II houses the communication equip:nent. Temperature

control is achieved by means of thermal coatings applied to the north and south facing
sides. It is estimated that a temperature range between 10°C to 40°C may be main-

tained on the equipment mounting baseplate surface.

By thermally isolating the temperature sensitive components from
those which are not critical with respect to temperature, it is possible to meet all
thermal requirements. Further, in the case of the batteries, a relatively low temp-
erature proiongs life, (The ability to accept a charge is diminished but the gain in life
is more important.) It is for this reason that the temperature range of Region I is

shifted downward and is narrow compared to Region II.
3.5.5 ATTITUDE AND ORBIT CONTROL SUBSYSTEM

The following provides a brief summary description of the attitude
and orbit control approaches which have been tentatively selected for the Hybrid. It
Win be injected by an Advanged Delta launch vehicle into a 28,5 degree inclined transfer
orbit to synchronous orbit aftitude, Passive spin stabilization wiil be utilized for
attitude control of the spin~stable satellite following separation from the spinning third
stage of the Delta, during coasting in the transfer orbit and injection at apogee into a
synchronous-equatorial-circular (SEC) orbit using a separate solid rocket motor, and
possibly during initial correction of this orbit to remove in-plane injection errors.

Catalytic hydrazine thrusters aligned with the spin axis will be used

for spin axis precession and for translation orbit control as indicated in Figure 3. 5-2,

Telemetered sun séxisor/ POLANG data will be utilized on the ground for attitude determina-

tion as the basis for jet commands to yield the required spin axis precessions.

Following injection into SEC orbit, the spacecraft will be despun, the

solar panels deployed, and the desired earth-oriented reference attitude will be acquired.
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This orientation consists of the +x (roll) axis lying in the orbit plane, nominally
pointed along the eastward direction of motion for a SEC orbit; the +y (pitch) axis
normal to the orbit plane, nominally pointed south for a SEC orbit; and the +z (yaw)
axis in the orbit plane, pointed towards the center of the earth along the local vertical,
(See Figures 3.5-1 and 3.5-3.)

Acquisition of the reference orientation is accomplished by ground
command of the catalytic hydrazine thrusters located on the x sides and the -z side of
the satellite for 3-axis torqueing. Telemetered data from the solar panels, from one of
two 2-axis sun sensors located on the +x sides and from one of two 2-axis earth sensors
located on the +z side are used for atfitude information during the acquisition maneuvers,

These same sensors and torquers, together with a momentum wheel,
are used to maintain the reference orientation to within 0.5 degree about all three axes
during the planned 5-year mission. The momentum wheel is run at a high bias speed
with its spin axis parallel to the spacecraft y axis so as to provide gyroscopic stability
to the indicated accuracy for several days about the spacecrafi x-z axes in the orbit
plane. Limited up-down accelerations of the momentum wheel arez effected by the on-
board controller as néeded for closed-loop pitch stabilization about the z axis.

Ground-originated jet commands for corrective precession of the |
spacecraft y axis or to cause the momentum wheel to return to its nominal bias speed
should only be required every 1 - 2 days. |

The solar panels are single axis driven about the y axis at the nominal
orbital rate. Similarly infrequent incremental drive commands from the ground should
be all that's required fpr the panels to track the sun to the needed accuracy of several
degrees. ' o

' Fma.l SEC orbit correction, and EastQWeSt station keeping and station
relocation as required are provided by ground command of the central jets on the X

sides of the satellite,
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4,0 SPACECRAFT DESIGN

This section of the report presents in detail the back-up-data,
analysis and trade-offs as well @as more detailed descriptions of the satellite sub-
systems which were performed during the course of the conceptual design study

program. A more general description of the satellite was presented in Section 3. 0.

4.1 MECHANICAL DESIGN DESCRIPTION

4.1.1 INTRODUCTION

The primary satellite structure consists of a lower frustum,

torque tube and module. It supports a symmetrical 900 watt solar array, a VHF

‘Helix Antenna, a parabolic L-band antenna externally and a TEM 442 apogee motor

internally. The spacecraft is supported on a standard Delta adapter and is packaged
within the Canadian Telstat fairing as shown in Figure 4.1-1. The weight of the space-

craft at separation is approximately 1302 lbs. (including 60 lbs weight growth).
4,1.2 EQUIPMENT MODULE

Construction details of the equipment module are shown in
Figure 4.1-2. The design is built around a 28 in. dia. central thrust cylinder which
supports the apogee motor as well as the basic module structure. The thrust cylinder
is fabricated of . 040 inch thick aluminum alloy. It will have an internal ring for support
of the apogee motor and external ribs and rings for support of the module structure.
The forward end of the honeycomb frustum is attached to the aft ring of the thrust
cylinder. The aft ring of the frustum is designed to mate with the adaptor section of
the booster, with provisions for the attachment of a marmon clamp. The forward end

of the thrust cylinder is the mounting ring for the VHF antenna package. The module,

measuring 24 x48x 56 inches is attached to the thrust cylinder by 6 honeycomb bulkheads.

Two are on the x axis and 4 parallel to the y axis. The latter contains provisions
for mounting the solar array drives. The external side surfaces of the module are
honeycomb panels with imbedded heat pipes spaced within them for thermal control.

The four top and four bottom covers on the equipment module are honeycombb panels.
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and are removeable for ease of access. The equipment installation within the module
is shown in Figure 4,1-3. It is distributed to minimize the offset between the center

of gravity and the center line of the spacecraft.

The thermal installation for the spacecraft is shown in Figure 4.1-4.

It contains thermal blankets, louvers and heat pipes.

; A more precise explanation of the thermal analysis leading to this
design is given in Section 4.4. To brieflyksummarizé however, the module is segregated
into the thermally isolated compartments. The +x compariment containing the batteries,
momentum wheel and telemetry and command equipment is actively controlled by thermal
louvers while the object of the -x chamber which contains the communications equipment
is to dissipate all possible excess heat using high emittance passive coatings. Equipment
within the mddule is bolted to the side panels containing the embedded heat pipes. The
heat pipes in turn efficiently transfer the heat to the control surfaces. The joint between
equipment and panel is a highly conductive one using large areas and conduction filler
agents. All external module surfaces except the +y side are covered with super insulation
as is the inside and outside of the thrust frustum. Insulation is also installed within the
module as a compartment separator. Note the placement of the internal blainket which
group the bottles and thrust cylinder in the -x space while piacing the solar array dri\}e
in the +x compartment. Another significant feature of the design is the horizontal
placement of the heat pipes so a more realistic ""zero gravity' simulation is obtained

when the spacecraft is in the launch or more importantly its test position.
4.1.3 'SOLAR ARRAY

Each panel of the solar array is assembied in four sections. Three
of these sections are aluminum honeycomb sandwich while the fourth, being only a
spacer, is a truss of aluminum tubing; The design is shown in Figure 4.1-5. The
two outermost panels are identical. The inboard panel has essentially the same
diinensions but is trapazoidal in plan form inboard of the solar cells. Each honeycomb
panel is . 75 inches thick and bas an edge member of light aluminum channel. Solar

cells are not placed on the entire panel because of shadowing considerations. An
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interference lock at each hinge provides rigidity for the panel when fully deployed.
Outrigers from the equipment module support the stowed solar panel during launch.
In the stowed configuration there are exposed solar cells on both sides of the space-
craft, A pyrotechnic release mechanism shown in Figure 4,1-6 allow the panels to
deploy on command. The aft surface of the solar panels are black thermal coating

selection of which is ‘discussed in Section 4, 4,
4,1.4 VHF ANTENNA

The VHF antenna shown in Figure 4,1-7 is a 92 inch long 30 inch
diameter helix supported by a 0. 50 inch dia. hingelock Tubular Extendible Element
(TEE). The radiating element is fabricated from 0. 50 inch diameter aluminum thin
walled tubing. Its shape is maintained by longitudinal dacron cord or kapton strips.
The end of the TEE is attached to the conical fiberglass end cap. A ground plane of
rods deployed by flexures is also part of the antenna system. During launch the
assembly is packaged in a 4. 25 inch high 31. 00 inch diameter container mounted on the
forward end of the thrust cylinder even though the antenna would fit within the fairing
in its deployed configuration, (In order to withstand the launch loads, its stiffness and.
weight would have to increase considerably. This would also be detrimental to the |
inertial configuration of the satellite a’s well as being a ‘potential problem in the spin
» mode. ) The cover is held down at its center by a mechanical latch incorporated into
the deployment mechanism. When the unit is activated the conical end cap is released

thus releasing the ground plane and deploying thé antenna.
4,1.5 L-BAND ANTENNA

The L-band antenna shown in Figure 4.1-8 is a parabolic reflector
having an eliptical plan view. The major axis of which is 50 inches and the minor axis
40 inches. It has an F/D of approximately 0.4. It is fabricated from an aluminum lattice

~ type frame with an attached fine mesh screen for a reflecting surface.

During launch the dish is stowed along the -x side of the spacecraft

and is held in place by the solar panel locks as shown in Figure 4.1-8 . It is deployed
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on a short link along the -x axis a distance sufficient to eliminate interference

with the VHF ground plane. The assembly is spring powered. Dampers are used
for limiting deployment accelerations. The shift in the spacecraft c. g. due to the
antenna deployment is in the opposite direction to the c. g. shift caused by the paddle

deployment.. This is important to preserve the c. g. location for attitude control.
4,.1.6 POLANG ANTENNA

The POLANG antenna is a one inch diameter rod, eleven inches
long located on top of the VHF antenna cover. The POLANG antenna utilizes a slip

joint to disconnect when the VHF antenna is deployed.

4,2 STRUCTURAL DESIGN AND ANALYSIS

4.2.1 SUMMARY

Preliminary structural analyses, Appendix A, verify the structural
integrity and compliance to the structural dynamics criteria of the Hybrid design -

illustrated in Figure 4,1-1,

The design criteria is consistent with '"Summary of Structural Design
Requirements' issued March 16, 1970. The loading environments associated with first
and second stage flights were utilized for preliminary analyses, and the resulting
shears, bending moments, and axial loadsbare presented in Figure 4,2-1 . The launch
vehicle interface loads are 7020 lbs-shear, 231,400 in. lbs. ~ bending moment, and
22800 lbs.- compressive axial load. The major structural subsystems and their

preliminary design environments are presented in Table 4. 2-1.
4,2.2 - SOLAR ARRAYS

The launch configured solar arrays, as shown in Figure 4,1-5,
are supported by outriggers from the top and bottom of the main module, and are also
attached to the module at the mid point of the 55 inch sides of the panels. Thrust, Z axis,
loads are assumed tak: * by the two attachments at mid span of the 55 inch side. Lateral
’loa;ds, both X and Y ar  ‘sumed to be taken by the outriggers. The goal of the 6




Table 4,2-1 Structural Subsystems - Design Conditions

L | Item Design Environment

Solar Arrays Orbital Dynamics L

Module Structure

Sides Thermal Control
Tops and Bottoms Strength
Bulkheads Strength

Cylinder Strength

-~ Lower Frustum Launch Dynamics

AAAA

B ol AR AR g ’
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attachments per array is to alleviate the loads on the solar array drive mechanism

during the launch phase.

When stowed, there is approximately 0. 5 inch clearance between the
0. 75 inch honeycomb sandwich panels. If during lateral vibration two adjacent panels
were to become "out of phase'" with one another the 0.5 inch clearance is insufficient.
The maximum panel deflection is 0. 4 inch. To preclude slapping of adjacent panels,
spacers of an elastomeric material, having a high damping capacity, are located
midway along the 47 inch panel width at the top, middle, and bottom of the panel. For
the normal occurrence when the 3 panels of an array are vibrating '"in phase' analysis
indicates the slight curvature of the panel, radius of curvature = 560 inches, causes

no problem to the solar cells.

In the orbital configuration the loads are ihsignificant. ' The stiffness
of the deployed array however, is very significant to the characteristics of the attitude
control system. For preliminary work a design goal natural frequency of O'. 5 cps wasr
established as the minimum value which would preclude adverse coupling of the control
system and flexible arrays. The stiffness of the honeycomb sandwich panel was there-
fore established by orbital r‘eqt:lirements. The thickness of the panel was limited to
approximately 0. 75 inch by the stowed payload envelnpe,‘ and the face sheets yielding

the desired stiffness were calculated to be 8 mils in thickness.
4,2, 3 MODULE

The module's interior and exterior primary structural papels have
been conservatively designed to preclude buckling. This is considered deéirgblé in ‘
order to obviate possible deleterious effects on the thermal paint applied to the panels.
Flirther investigation need be made to substantiate this reqﬁi'reinent. If buckling proves
to be permissible, a conventional thin sheet metal design will be configured and a trade-
off of cost and weight will be conducted for the two designs.

~ All panels, i.e., bs"ide“s*, top, bottom and interior bulkheads, afe'of
alum%inum honeycomb 'core‘ sandwich coﬁfigurétibn for minimﬁm‘weightdesig;n_. to
satisfy the buckling criteria. The side panels are 0.5 inch thick with . 012 inch

faces, predicated upon thermal considerations as heat pipes are submerged within the

4-7




panels. The face sheet thickness of the side panels is also required for thermal
control (i. e., conduction between heat pipes). All other panels are 0. 25 inch thick
with 0. 005 inch faces to satisfy the nonbuckling criteria. The resulting sandwich
design shows high streﬁg‘th margins of safety. The analyses of the module structure

are presented in Appendix A,
4.2.4 CYLINDER/FRUSTUM

The backbone of the structural system is the combined cylinder and

frustum load path.

The structurél design of the 28 inch diameter cylinder, located within
the module, was based on a strength, buckling, criteria. The construction is . 040
aluminum alloy skin stiffened in the Z direction by 8 extruded angles. At the top and
bottom of the cylinder are machined rings which allow the loads from the module and
arrays to be introduced to the cylinder. The bottom cylinder ring also serves as an
interface with the frustum. At the middle of the cylinder is a ring which serves as the
attachment of the apogee motor to the spacecraft. The analyses of the combined lateral ' *‘ '

and thrust loads on the cylinder are presented in Appendix A.

Lo The structural design of the 20 inch high frustum was dicated by :

-

Wlaun‘ch dynamic requirements. In the launch configuration design goals of 25 cps v
’j/ ":ff"lafitefrally, and 40 cps longitudinally have been established as minimum values. The "
‘ fru’stum' has been designed as a 0. 25 inch thick sandwich structure to minimize weight. ty
Face ‘thicknesse; of 0. 006 inch aluminum alloy are analytically sufficient to withstand
the design loads. However, faces of 0. 014 inch are required to obtain desired space-

craft lateral natural frequency.
4.2.5 ~ VHF ANTENNA

Although not cons1dered primary structure an analysis was performed

on the fea51b111ty of stowing the VHF antenna. The helical antenna consists of a

i A T R T D S e

splralled 0. 50 inch diameter 0.020 wall aluminum tube and has a free leng‘th of 92 inch.

When compressed to a packaging length of approximately 4. 5 inch, a torsional shear
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stress of 13800 psi is developed. This is compared with an assumed allowable working
shear stress of 20,000 psi. A force of 7.25 pounds is required to compress the

antenna,
4,2.6 PRELIMINARY STRUCTURAL DYNAMICS

Based on previous Delta flight data, it is evident that if the fundamental
lateral and longitudinal launch configured spacecraft frequencies exceed 25 cps and
40 cps respectively the vibratory environment to which the spacecraft is subjected wiil
be lessened. These frequencies therefore were established as minimum design goals.
Preliminary calculations indicate the lateral frequercy to be 25 cps and the longitudinal
to be 79-. cps. The analyses are presented in Appendix A. In the orbital configuration
the aforementioned 0.5 cps design goal for the solar arrays was established. A

preliminary analysis of a ""free-free" rigid module and flexible array is also presented

in Appendix A.
4.3 MASS PROPERTIES

The three primary results of the mass properties study are as
follows:

(1) the design is within the weight budget but with qukes'tionable

growth margin suitable for preliminary design

(2) the proper spin-to-transverse inertia ratios for passive spin stability

of the spacecraft is verified

(3) the feasibility of coincident centers of apogee engine burn,

mass, and expendibles has been demonstrated.

. " The present payload weight is 626 lbs. within the allowable weight
of 687.5 Ibs. This however, represents only a 9. 0 percent weight growth margin.
Previous experience indicates this a high risk margin for preliminary design. (A 10%

weight growth margin was stated as the systems guideline. )
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The spin-to-transverse inertia ratios of the spacecraft in the

stowed configuration as taken from Table 4.39 are, I /I =1,41, andI /I =1.96.
27 XX 2z yy i

The coincidence of the thiree centers, apogee engine burn, mass,
and expendibles is achieved by locating the propellant tanks as shown in Figure 4.1-3,
and locating the module equipment, Table 4. 3-8, such that its center of mass is 0. 8 in.

above the center of burn.

The location of module equipment also compensates for the eccentricity,

off the z axiws, of the L. band antenna,

Table 4. 3-1 presents an overall weight summary. Tables 4. 3-2
through 4. 3-8 present the detailed systems weight summaries. Table 4. 3-9 presents

the inertial and centers of mass breakdowns.
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Table 4.3-1

Hybrid Spacecraft Weight Summary

Item

Power System
TM and Command System
Communication System
Antenna System

¢ L Band

e VHF Band
Attitude Control System
Auxiliary Propulsion System
Thermal Control System
Electrical Distribution System
Structural System
Apogee Motor Inerts (burn-out)
Weight Growth

Total Payload

Apogee Motor Propellant*
Separétibn Weight
Adapter (launch vehicle)

Gross Weight

*Includes 5. 4 lbs. of low performance expendable inerts.

4-11
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Table 4.3~2 Power System Weight Summary

Item

Battery

Battery Charge Regulator
Solar Array Paddle

Solar Arrajr Orientation System
Battery Discharge Regulator
Voltage Limiter |

Power Control Unit

Total Weight

(2)
(1)
(2)
(2)
(2)
(2)
(1)

4-12

Weight (lbs.)
51.8
3.0
103.6 |
27.0 T
8.0
6.0

11.0

210.4 ,, :
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Table 4.3-3 Telemetry and Command Weight Summary

Item
Command Receivers (2)
Command Decoder (2)
Command Regulator (2)
TM Multiplexer (2)
TM Switching Unit (1)
TM Transmitters (2)
Diplexers (2) |
T & C Antenna Hybrid (1)
T & C Antenna Elements (4)

Total Weight

4-13

Weight (lbs,)
2.6
8.0
1.0
8.0“
1.0
0.8
2.0
1.9
1.0

26.3
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Table 4,34 Communication System Weight Summary

' Item
Diplexer
Pre-amplifier
Down~Converter
Up-Converter (5)
PA Driver + Hybrid (5)
Power Amplifier (5)

VHF

Diplexer
Pre-amplifier
Up~Converter

PA Driver + Hybrid
Power Amplifier

C-Band

Diplexer
Pre-amplifier (2)
Down~Converter
Up-Converter (2)
Power Amplifier (2)

IF Amplifier (3)

Synthesizer (2)
Switches '

IF Switching Matrix

Total

4-14
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, ‘Table 4, 3-5 Attitude Control
i System Weight Summary

Item Weight {lbs)

]
¢
o % 1. Electronics N
|
I

2. Momentum Wheel 30.

3. Attitude Determination 11.

4, Passive Damper 2,9

Total 49.9
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10,

11,

Table 4,3-6 Auxiliary Propulsion System Weight

Item

Propellant Tanks (4) (11.6" dia)
Propellant

Attitude Control

Orbit Control
Pressurant
Fill and Drain Valve (2)
Pressure Transducers (2)
Isolé.tion Valve (4)
Thermocouple (2)
Filter (2)
Fitting and Lines
0.5 #F Thruster and Valve Assembly (10)

5.0 #F Thruster and Valve Assembly (2))

Total

4-16

Weight (lbs)

9.2

2,5
9.5

1.5

74.9




Table 4,3-7 Structural System Weight Summary
]'3?7‘ Ttem Weight (lbs)
1, Separation Ring 3.3
§ 2. Lower Frustum 8.3
3. Module Support Ring - Lower 1.9
‘ ‘ 4., Module Support Ring - Upper 1,2
? 5. Apogee Motor Ring / 3.7
| : 6. Cylinder (Stiffened) 11.9
7. Module Structure (including solar array 55.4

support structure)

Total 85.7

4-17




Table 4. 3-8 Miscellanecus Weight Breakdowns

The following three tables are detailed breakdowns of items presented in

previous tables and are not additive with the previous tables.

Item

Module Structure Weight Summary
' (see Table 4, 3~7)

Sides

Top and Bottom Skins
Bulkhead Webs

Bulkhead Framing Members
Edging Members
Miscellaneous

Solar Array Retention Mech,

Total

Solar Array Weight Summary
(see Table 4, 3~-2)

Cell Stack
Thermal Paint
Structure
Faces
Glueline
Core
Edging Members
Tubing, Fittings (Attachment Sect.)
Hinges

Total

Weight (1bs)

[\]

et
HU‘IG}.QDL\D)P
WO N,

-t

*

. .

103.6

Module Equipment Weight Summary

- "(see Table 4.3-9)

Attitude Control o
Auxiliary Propulsion (less propellant and tanbs)
Power (less array & orientation mech, )
Communication

Thermal

Electrical Distribution
Telemetry and Command

Total

4-18

49,9
15.1
79,8
74,3
15.0
30,0
26,3
290,4
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Table 4,3-9 Mass Properties Summary

Wi Zi Ixxcg 9 Iyyc Izzcg
Component (1b) c(in* | (slug ft') |(slug ft ) |(slug ft')}
1. Separatlon Ring 3.3 0. ' . 864 . 864 . 244
‘2. Lower Frustum 8.3 | 9.66 1.220 1.220 . 483
3. Module Support Ring (Lwr) 1,9 | 20.27 . 099 . 099 . 080
4, Module Support ng (Upper) 1.2 | 44.27 . 063 . 063 . 051
5. Cylinder 11.9 | 34.41 .381 . 381 . 505
6. Module Structure** 55.4 | 32.27 3.677 4.174 6.128
7. Module Equipment 290,4 | 33.07 21,068 16, 352 48, 886
8. Propellant and Tanks *** ——— == -~= -—= -
e Post Separation 59,8 | 32,27 | 2.772 2,772 5.385
e DPost Deployment 17.6 | 32,27 |  ,940 . 940 1.826
9. Apogee Motor Fuel**¥** 614.5 | 32,27 9.569 9. 569 9.720
10. Apogee Motor 46.4 | 27.25 2.368 - 2,368 . 886
11. Solar Array _— -— -— - —
o Stowed 103.6 | 32,27 | 22.853 10,049 21,493
o Deployed*** 103.6 | 32,27 | 446.256 | 5,702 |438.696
12, Solar Array Drive 27.0 { 32,27 3.742 . 063 3. 727
3. L Band Antenna —— —— —— —— -—
¢ Stowed 5.0 | 49,27 . .584 ' 1,659 1,348
e Deployed 5.0 | 49.27 |  .292 . 3.559 3.540
14, VHF Band Antenna -— - -— | —_— -—
e Stowed 8.0 | 54.77 .. .9%0 ! ,990 | ,194
e Deployed 8.0 | 54,77 i 3.436 3,436 | .194
15, Apogee Motor Ring 8.7 | 32.27 : . 044 .044 ©  ,089
Total | Post Separatlon**** _‘ - 1240.4 32,27 70,294 50,667  99.219
i ' Post Deployment 32.27 484 450 39. 265 505. 335

5983.7

*
%k
* %k

Measured from separation plane
Includes solar array retentlon mechanlsm

Cell surface normal to x axis

O DR UP g

**¥*x AW between post separation and post deployment is due to the expenditure of the
614. 5 1bs of apogee motor propellant and 42, 2 1bs. of hydrazine propellant for

attitude and orbit control,

4-19
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4.4 TEMPERATURE CONTROL SUBSYSTEM
4.4.1 SYSTEM DESCRIPTION

Temperature control for the Hybrid module is achieved by employing
a system of louvers, heat pipes, super insulation, and thermal control coatings as
shown in Figure 4.1-4. The louvers are mounted to honeycomb panels located on the
north and south sides. By virtue of the square cross-section chosen for the equipment
module, the north-south faces present large flat surfaces to which solar impingement
is minimized. The bulk of the electronic cbmponents are mounted directly to the interior
surface of the honeycomb. Heat pipes are embedded in the panel and they distribute

the heat load over the entire face from which it is radiated directly to space.

With the exception ot the louvered and passive areas on the north-
south faces, the entire equipment module is covered with s‘uper insulation. The insula-
tion reduces the .depehdence on thermal coatings to a minimum and insures that the
heat of the critical components will be directed through the louvers which provide a

variable thermal resistance which is a function of temperature.

The equipment module is divided into two temperature control com-
partments or regions. The first, hereafter referred to as Region I, contains six
square feet of thermal louvered area located on the north and south facing sides. The
batteries and housekeeping equipment items are housed in this compartment. Thermal
control is provided to maintain the temperature of the component mountmg base plate

between 0 C and 10 C for all orhit cond1t1ons.

Regionj, IT houses the communication equipment items, Temperature
control is achieved by means of thermal coatings applied to the north and south facing
sides. It is estimated that a tempei‘ature range between 10°C to 40°C may be main-

tained on the equipment mounting baseplate surface.

By thermally isolating the temperature sensitive components from
those which are not critical with respect ~to'temperature, it is possible to meet all

thermal requirements. ‘Further, in the case of the batteries, a relatively low tem-

 perature prolongs life. (The ability to accept a -charge is diminished but the gain in

life is more important.) I is for this reason that the tempei'ature range of Region I

T e———

is ‘shifted downward and is narrow compared to Region II.
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The structural mounting surface of a component shall normally be
the heat dissipation surface. To minimize temperature gradients within the component,
all parts which are high dissipators will be thermally ccupled to this mounting surface

(heat sink). The average component surface emittance shall be greater than 0. 85.

The narrow temperature limits in Region I are realized by virtue of
the louvers which control the radiative heat rejection resistance as a function of com-
ponent temperature, and the fact that the heat losses or gains from the apogee motor

and attendant structure are minimized because of the super insulation.

In general, the equipment items whose temperature is to be controlled
are mounted directly tc the horth and south facing honeycomb p‘anekls or baseplates.
Thls results ii maximum heat rejection capability and minimizes the temperature gra-
dient between a given electronic package and the thermally controlled surface. This is
especially significant in the case of the thermal louvers which adjust their opening angle
and therefore radiative heat rejection as a function of baseplate temperature and not

necessarily component temperature.

The exterior (space-facing) surface of the compbnent mounting base-
plates are covered with an optical solar reflector. (vapor deposited silver dn fused
silica) coating and sized to handle the upper limit of component dissipation at the maxi-
mum allowable operating temperature. For instance, louvers of six square feet
active area will reject 140 watts at 500F (IOOC) when the spacecraft is orientated such
that the solar direction is 30° with respect to one of the louvered panels. This orienta-

tion only occurs during the solstice orbits but represents a maximum heating condition

-and dictates the hot case environment. In like manner, the cold case environment is

predicated on an equinox orbit when no solar input occurs on the radiating surfaces.

The same considerations exist for the passive radiating surfaces
assigned to Region II. For the tentative design value of 300 watts, 9.5 sguaré'feet of
radiating surface is required during the worst case equinox orbit. In region II, thermal

compensation is not aided by louvers and the decrease with temperature is relatively

- steep with decreaising ‘poWe'r. When the minimum power level is fixed (perhaps from

failure mode analySes), it may be desirable to incorporate some louvered area to

" assure a lower bound minimum temperature at reduced power dissipation levels.
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By virtue of the temperature control louvers and thermal isolation
from the 2pogee motor and housing, temperature control within Region I is relatively
tight. Of course, the predictable range is a strong function of component heat dissipa-
tion variation and the heat leaks or gains to the region. The accuracy with which a
detailed thermal model can be used to predict these heat leaks is a function of the com-
plexity of the geometry. In the case of the apogee nozzle which is sunlit at a variable

angle during approximately 12 hours out of each 24, the heating effect due to solar

g

input is difficult to calculate with a high degree of accuracy. In addition, the average
orbit solar input will be a function of the time of year; the difference between equinox
and sols:tice orbits will be considerable. It is for this reason that the apogee motor

and related support structure is thermally decoupled from Region I which contains the

- temperature sensitive equipment items."

Super insulation blankets are used to thermally isolate the equipment
modules from space and to insure that component heat dissipation is directed to the
north and south radiating panels. This is especially important in the case of Region I, Y
Which; contains the louvers; the capability of the louvers to maintain narrow temperature
limits depends on their capability to impose and vary heat rejection resistance over a L
large range and this can only be achieved if the heat transfer is such that the louvers
cannot be bypassed. The thermal super insulation blahkets consist of 30 sheets of
1/4 mil aluminized mylar. When the blanket is indunted to an exterior Surface, an
outer face sheet of 20 mil kapton is used. The kapton protects the blankét ffom the
space environment, but more iﬁipdrtant, provides the optical values (absorptivity and
emissitivity) which will maintain a surface temperature to help minimize net heat

losses and gains through the blankets. : i ' =

As shown in Figure 4.1-4, "C" shaped heat pipes are iﬁcorpora,ted in
the equipment mounting surfacés, (honeyc’om"b“ baseplatés) of each region. The pipes'
are spaced approximately 4 inches apart in par_allel planes, When used in this fashion
the heat pipes serve to distribute component heat over the entire surface of the ra-
diating panel and virtually eliminate .tempgr;ature* g'radieﬁts so that the ‘entire surface

may'be utilized for componént mounting. The pipes minimize thermal problems‘

e

associated with mounting high dissipators with small volume directly to the radiating

—

plates;

ik

el

4-22




o Tl Tl T s P

‘‘‘‘‘

4.4.1.1 Thermal Louvers

At a given point in its mission profile the various spacecraft com-
ponents will be subjected to different degrees of heat.ing: caused by solar thermal radia-
tion and internal power dissipation. The parameters which in most cases control the
spacecraft heat rates are the solar absorptance factor (®) and the emittance factor (¢).
The solar absorptance determines how much solar thermal radiation the spacaecraft
will absorb and the emittance regulates the amount of thermal energy radiated to

space. The ratio®/e controls the spacecraft's equilibrium temperature.

If the changes in internal power dissipation or external heat fluxes
are severe, it is not possible to maintain the internil component temperatures within
the allowable design temperature limits unless the ®/ ratio can be varied. A very
popular and reliable method which effectively gives a variable %/ ¢ ratio is through the |
use of thermal louvers. When the louver blades are open, the effective %/ e ratio is
low (lowa, high €) and when the blades are closed, the effective %/e ratio is high
(lowa, low ¢). In effect, the louvers act as a'thermal valve'" to regulate the flow of
heat out of the spacecraft. This property, when properly utilized, provides an addi-
tional thermal design tool in that louvers reduce the dependence of the spacecraft on
the value of optical coatings which have a tendency to degrade from their nominal -

values during a long-term mission.

Thermal louyers consist of a rigid, light weight polished'alumimiym
frame which contains low-friction pivots for the louver blades. The blades are thih,
highly polished, specular finish aluminum and are a_ctuatéd ‘by bimetallic sensors
which are located in a housing thermally insulated from outside influences. The bi-
metallic sensors gxpand and qéﬁs'e the louver blades to open, thus allowiI;g more heat
to be radiated to kspé.cé. The é)penihg and closing temperatures of the blades are fegu-

lated by adjusting the bimetallic sensors. It should be noted that the louver blades are

independently actuated (one bimetallic sensor per pair of louver blades) providing a

‘redundant system. The typical louver has 10 or more pairs of blades so that in case -

of failure of one actuator, the overall system degradation is small. ‘These louvers
have been employed on many spacecraft and have proven to be a reliable temperature

control system.
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Thermal louvers recommended for Region I of the spacecraft are
shown on Drawing 4.1-4. They are mounted directly to the north and south facing

honeycomb panels.

4,4.1.2 Thermal Coatings

Solar reflector coatings (®/e<<1) must be employed when the amount
of solar energy input to the spacecraft surface must be minimized while as much
thermal energy as possible is concurrently emitted. Thermal analyses of the Hybrid
spacecraft have shown the desirability of covering the external surfaces of the north

and south panels behind the louvers with such a coating.

The low a is desirable to minimize solar input when the sun strikes
the north-south faces obliquely. A high € is required to maximize heat rejection to

space, thereby minimizing the louver area.

In selecting a solar reflector coating, both initial values of @ and ¢

and any changes in these values during a mission lifetime are important. Most solar

reflectors are subject to optical and/or physical degradation in the space environment,

while others may be difficult to handle, apply, or maintain in the ground environment,

For long life missions in the range of 2 to 5 years, degradation of
can be large for all white paints. For this reason, the use of a second surface mirror
coating system is recommended. Such a coating is vapor deposited silver on 8 mil
thick fused silica called an Optical Solar Reflector (OSR). This coating exhibits little
or no degradation in the space environment. It has been flown on Lunar Orbiter and
OSO spacecrafts and has been extensively tested in the laboratory. The present design
is predicated upon the use of OSR.

A secondary choice' is the less costly series emittance coating system

of silver—téﬂon. The series emittance thermal control coating consists of a trans-.

parent (to ’the‘ solai‘ speétrum) dielectric film over a highly reflecting metallic sub'strate.'

The reflectance of the metal primarily controls the solar absc)rp‘tance; the thickness
of the transparent film governs the emittance. This coating system has certain advan-

tages over the OSR; however, it is still in the development stages.
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4.4.1.3 Multilayer Insulation

The critical comf)onents in the Hybrid are to be thermally controlled
through the use of louvers. In order to make full use of the temperature control
derived by the use of radiating windows and thermal louvers, all heat rejected should
pass through these areas. In practica_l applications this requirement can only be ap-

proached through the use of insulation systems.

The most efficient and reliable thermal insulation coacept yet found
for spacecraft applications is the multilayer system. This insulation represents at
least an order of magnitude reduction in thermal conductivity over all other insulating
systems, and is the most efficient insulation on a weight to thermal resistance basis.
These multilayer insulations are composed of a large number of very thin layers of
material having a high infrared reflectance separated by either continuous or discon-
tinuous layers of a very low conductance material, or by physically deforming the
reflective layers so as to' provide effective separation of adjacent layers with a mini-
mum of contact conductance. The reflective layers are usually a very thin (1/4 mil)

film of plastic such as Mylar or Kapton supporting a vacuum-deposited layer of alumi-

num, silver or gold. A variety of spacer materials such as silk or nylon netting foam

and organic or glass fibers have been used for both aerospace and commercial applica-
tion. Integral spacers have bheen developed by such methods as crinkling or dimpling

| " the metalized films, or by bonding small areas of fibers to one surface of the reflective

B sheet.

The advantages of using this multilayer insulation on the equipment

'1module are summarized in the following list:

1. ~ Minimizes uncontrolled heat rejection.
| 2. o Reduces the solar flux input.
, 3. Reduces the antenna and solar array reflected solar
‘ flux input.
4, Provides large thermal time constant during occult.
5. ‘Most efficient insulation on a weight to thermal

resistance basis.
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4.4,1.4 Heat Pipes

A heat pipe is a device which exhibits very high effective thermal
conductance per unit weight. The device consists of a container tube, a wicking -
structure in contact with the inside diameter of the tube and a working fluid. In opera-
tion, heat is supplied at one end of the pipe, causing evaporation of the working fluid.
This vapor then flows to the other end of the pipe where heat is removed, causing the
vapor to condense. The condensate is returned to the heat source region by the

capillary action of the wicking structure, thus provising closed cycle performance.

Heat pipes may be classified as to their purpose or end use in the
thermal control system. If high heat transport is required, then the heat pipe design
is optimized to provide high conductance at a low weight. In some instances, howevér,
it may be desirable to design some of the heat pipes such that they exhibit nearly iso-
thermal performance over a wide power range. Such performance characteristics may
be required in order to prevent distortion of critical structural elements of the spacé-
craft due to thermal expansion. | Isothermal heat pipes are designed by providing rese-
voirs of noncondensible gases suitably connected to the condenser sections of the pipes.
As the input power to the evaporator is varied, the amount‘ofr gas in the condenser
changes, varying the effective condenser area and thereby providing nearly uniform

temperature operation.

Annuldar wicks composed of wire screen or porous or sintered metal
have been used. Longitudinal grooves cut in the L D. of the container tube can also serve
to provide the necessary capillary pumping pressure. However, doubt exists concerning
the applicability of 1-g testing of this type bf heat pipe. The most efficient state-of-the-
art design is currently the artery type Wick. This design consisté of a thin wire screen
annulus to which is connected a ‘/Small diameter artery near the center of the heat pifpe.
Since the anmilus is thin, the thermal r.esistéhcés encountered in transferring heat intb
and out of the pipe are minimized. The bulk of the condensate return is via the a‘lwrtery.
Owing to the larger flow area the frictional drag is reduced. This, in turn, allows the

heat pipe to operate at higher power levels without encountering burnout or nucleate

" boiling.



4.4.2 ANALYSIS

4.4.2.1 Thermal Control of Module Equipment

The initial thermal design of the Hybrid satellite module indicates that it
is feasible to control the temperature of all components within acceptable limits. The
two basic temperature criteria which dictate the de'_s‘ign are that the batteries must be
maintained at 41°F + 9°,F (5°C + 5°C) and that the hydrazine subsystem temperature
must not go below 41°F (500). These conditions are met by placing the batteries with |
other housekeeping components in the louvered compartments and by assuring a good
thermal path between the passively controlled equipment such as the TWT's and the

hydrazine bottles.

The thermal analysis consisted of evaluating the average temperatures
of the louvered compartment (Region I) and the passively controlled compartment (Re-
gion II). The utiiization of the heat pipes on the module skin on which the components
are mounted insures uniform distribution of ‘the heat generated internal to the module
as well as the impinging solar energy. Henée, an average temperature i3 determined
rather than temperature maps. As the progi'am progrésses and finalized design informa~
tion becomes available, more definite conclusions will be obtained for the thermal gra-

dients in the system.

| The assumptions made in the analysis refer mainly to the performance
of the louvers, heat pipes, passive coatings and super insulation. The effective emit-
tance of the louvers was taken to vary vsith blade angle as shown in Figure~.4.4—..1. The
curves shown are based on the total area of the louvers which include the frame as
well as the actuator housing. The negative values of F€ for the sunside at 10° or
smaller opening blade angle indicate that heat is flowing into the system. The curves
were gersrated based on employing an optical solar reflector (OSR) with & /e = 0.2/
0. 85 benind the loilvers on tlié surfaces where the components are mounted. -The passive
area which controls the temperature of Region II is also-assumed to have & /€=

0.2/0. 85.

, The leakage through the super insulation as a function of the average
internal temperature is shown in Figure 4.4-2. Since it is expected that the temperatures
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of the two regions will not be radically different, Figure 4.4-2 was utilized in the
analysis by taking the leakage t(; correspond to the arithmetic average of the tempera-
tures of the regions. The effective emittance between the components and the inner
surface of the super insulation was taken as 0.02 and the effective emittance of the
blankets was assumed to be 0.01. The external temperature of the Kapton cover

(«/¢ = 0.4/0.8) was based on orbital flux averages. The high resistance and time -

constant of super insulation blankets allow for such simplifications.

The analysis did not include the thermal effects of the mounting
structure, the VHF housing, ground plane and antenna. All these items will be ther-
mally controlled by passive means so that their temperature will be 6f the same order
as that inside thé module in order to reduce the energy interchange with the module.

The influence of the solar panels was included in terms of a wattage input to the

thermal control surfaces. A conservative value of 140°F (60°C) was considered for
the temperature of the panel, and the module was assumed at 50°F (IOOC). It was e‘s—i
timated that a conservative but realistic IR input would be 40 watts to the louvered
compartment when the louvers are open and some 50 watts to the passively controlled
compartment. These values were incorporated in the ana!ysis for "hot case' evaluation.

The input was not considered during ''cold case'' operation.

Figure 4. 4,—3: gives the average temperature of the louvered compart-
ment as a function of ihternal dissipation. Figure 4.4-4 shows the temperature of the
passively controlled region. The upper lines in these figures correspond to a ""hot
case'' evaluation when the spacecraft is orbiting during winter or summer solstice with

a worst case 6. 5° off-north tilt due to orbit inclination and attitude control Verrors. (See

Figure 4.4-5) These curves also reflect the IR input from the solar panels.

4.4.2.2 , Solar Panels

The most effective thermal design for the solar panels would B'ei roﬁe
that incorporates a coating of high emittance on the back surfac'\e in order to minimize
the temperature at which the solar cell operates. Since the orbit considered is syn-
chronous and albedo effects are negligible, the coating chosen was 3M black with an |

emissivity higher than 0.85. The panel honeycomb thickness was dictated by structural
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considerations to be 0,75 inch. Although a reduced thickness would be essential to low
thermal gradients across the panel, the gradients realized in the present panel design

are about 4°F and are tolerable,

The results of the analysis of the panels are presented in Figure 4.4-6
which shows the solar cell temperature (based on%/€ = 0.68/0.85) and the gradient
across the panel as a function of emlttance of the back surface. The solar flux was con-

servatlvely assumed to be 468 Btu/hr ft

4,4,2.3 Heat Pipe Spacing

A major goal in the thermal design will be to evenly distribute the
power dissipation throughout the system in order to minimize 'the temperature gradients.
. The tolerances will dictate the number of heat pipes to be used and the lay-out configura-

tion.

Important areas of investigation are heat pipes spacing and the trans-
fer of heat from a dissipating component across the interface which connects to a heat
pipe. Experience on the ATS program has shown that jthe bulk of the gradient occurs
across such interfaces. In pursuing an optimum design, the heat pipes will be located
with respect to the coxhponents in such a way as to balance the.powe;r output as well as
insurei_ heat sharing between sdrfaces exposed to environmental ﬂu:;es and purely ra-
diating surfaces. The complete analysis will be based on a multi-node mathematical
model which will include the radiative resistance of the louvers as a function of heat

sink temperature and incident solar angle.

The approach to be used in evaluating the incorporation of heat pipes
in the system may be illustrated by the following analysis wh1ch pertains to the tem-
perature dlstrlbutmn between two constant temperature heat pipes imbedded in a honey-

comb, panel to which a louve_r assembly is attached. The configuration is shown below.

e S “o.. Thermal
L . : e Louver
s Hﬁ'eét-PlE?" - I T O A Blades
Componenﬂ L PR I | IR [N
R P ._.H?_%t_?ll’e__ - ! S R
, o
e ot
Honeycomb Panel —>{[~— Face sheet
L : thickness
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Due to the symmetry, it is necessary to consider only the values of
x between 0 and D/2. An energy balance on an element aAx wide located at a distance

X from the heat pipe is shown in Figure (B).

—iewals
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| Q Q
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L =5 2_ _
t ‘ %;> w 4
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3 ' X '
l |
k-Ax “’;

Figure (B) Energy Balance

The cor‘resAponding steady-state heat balance equation is:

- “+ . - = ' x

QS Qr | ch ch 0 | | (1)

or- - Co | ,

4 dT dT o

- + —— - —— =
QwAx - € WAx 0T +ktw o= ktw == o (2) T
X x +Ax

where: .

Qs = solar input per unit area to louver assembly
when louver skin is inclined to sun

w = width of the panel to which louver is attached 4

QI; = heat radiated from the louvered skin = wAx €, 0T
€, = effective e"missivity; of the louver array
',;" o | = Stephan - Boltzmann constant ‘
T = Temperature at locatlon X '
; Q,; = heat transfer by conduction into the element at x
L

dT

ktw ax | ;A
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thermal conductivity.of louvered skin

t = gkin thickness
ch = heat transfer by conduction out of the element at _
at x + &x d ' :
T :
ktw Hx
x +40x
In the limit as Ax approaches zero, equation (2) may be written
i 2
o Q =€ 0T4 + kt ar =0 (3)
u S (o] 2
4 dx
j: Equation (3 is a nonlinear second-order differential equation. The .
d ¥
i following linearization is introduced: ¢
Lete T=T_ (1+m), 7 <<1 (4) ,
where 7
Tm is the mean temperature of the heat pipe.
Then far * (ranten’ +an’ +nhaT fram  (5) |
‘ m m :
ey To further simplify the form of the equation, let - §
n=r-1/4
Then equation (4) becomes:
T=T_ (1+3/4),
B ' m, (6)
iy Tt ~aT? 1
e and 2 2 :
i Q__I = T d 7 ’
- dx’ ™ ax®
. ~ The linearization form of equation (3) is |
' , a“r 4 | .
ktTm 5 4€c cJ*'I_‘m T Qs | ;
R dx |
Where Q » 4 O€ T -3
f =S b = c_m
ktT G kt
i m :
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& Equation (7) is a linear second order differential equation.

Boundary conditions in terms of temperature are derived from the fact

that there is no conductive heat exchange at the mid-point between the two
pipes and that the temperatur< at the heat pipe location (x = 0) is equal 'c o

Tm' In terms of 7, the boundary' conditions are:

: (8)

! X = 2—

2
r lx=0 -=1/4 (9) ;

The solution of equation (7) is

_;_‘% +C, e x\/b_+cze -xvb (10)

Using equations (8) and (9), the constant of integration can be

obatined and equation (10) becomes:

'r'=‘-%- + (1/{1 - a/b) (cosh X\/B_: - tanh. D;[b— sinh xvb ) (11)

Equation (6) is used to relate 7 to T and (11) may be written:

: T = Tm [3/4 +a/b + (cosh\/-b_ x - tanh D;}b— sinh x\fb_)-l (1%2) '

h - The above equation was solved asing the Com-Share computer. The
fin thickness t was taken as 0. 030 inches corresponding to twb 0.015 inch ;thi:chkV honey- |
comb face sheets. The louvers emittance was taken as 0.9. An effective emittance - ‘f
of 0.9 corresponds tb 5 maximum gradient case and may be theoreticailiy approached ;

- for open louvers in the absence of solar input. Results based on a mean heat pipe : y
temperature of 104°F (40°C) show that a mid-point temperature decrease of 6°F will

not be exceeded.

4.4.2.4 Temperature and Distortions of Tubular VHF Antenna

The thermal control of the tubular extendible VHF antenna consists

_of maintaining the temperature within reasonable values so that the struyctural integrity
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of the element is not impaired during long-time mission, and confining the temperature
gradients to as low a value as possible in order to eliminate the associated thermal
deflections. Since the element is of the HINGELOCK type, perforation is necessary

to reduce the severe gradients that could develop under the condition of the solar rays
being normal to the line joining the points where interlocking tabs are employed as

shown in the sketch. The gradients are theoretically eliminated when the percentage
?o
*

of the element surface which is perforated, x, obeys the condition x =

Negligible g » Negligible
Conduction ‘ Conduction

Mo e

Sun

Worst Case Gradients

where oto and O(i are the external and internal solar absorptance, respectively.

In order to maintair; the perforated area a minimal, o must be as low as possible,
whereas aLi must be high. These conditions are achieved by silverplating the external
surface and coating the inner surﬁace with black painf;. Thus aLo = 0,10 and

OLi = 0.9 leading to a required 119 surface perforation. The average temperature of

the element will be 235°F (11300).

Perforation of the helix tubular element may also be necessary.
The i)’e'rcentage of perforation will be less than 11% since the helix element is seam-
less. This small amount of perforation will not be detrimental to the antenna charac-

teristics.
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4.5 ATTITUDE AND ORBIT CONTROL

4.5.1 MISSION SEQUENCE,: OPERATION AND REQUIREMENTS SUMMARY
FOR CONTROL
The launch vehicle is assumed to be the DSV—3L/ID(N20 4)/TE 364-4
Delta with 9 strap-on Castor solids and the large 84~inch diameter fairing. A candi-
date ascent trajectory consists of a near East launch from ETR, into essentially a
100 n. mi. parking orbit, and injection at the first equatorial crossing into a 28. 5-
degree inclined transfer orbit to synchronous altitude. Injection into the desired syn-
chronous, near equatorial, circular orbit occurs at second apogee at about 53° West
longitude some 16.9 hours after lift off. Alternatively, injection into the transfer
orbit can be effected at the second equatorial crossing in the parking orbit. Injection at
first apogee of the transfer orbit some 6.4 hours after lift off also yields a favorable
longitude injection station of about 90° West. This ascent trajectory provides less time
in the transfer orbit for ground determination of the proper attitude and timing for the

apogee injection maneuver, however.

: The subject launch vehicle can inject a total payload of 1355 pounds |
into the indicated transfer orbit when the large fairing is used. A spacecraft aft

adaptor which remains with the launch vehicle represents 53 pounds of this weight.

The spacecraft will be separated from the spinning (70~90 rpm) third
stage of the Delta while in the attitude required for the transfer orbit injection maneuver.
A partial spin down from 90 rpm to about 45 rpm about the z axis will then be effected
(to reduce subsequent precession control propellant requirements), using an outward-
firing jet couple located at the corners on the + x sides of the spacecraft near the plane
of the spacecraft CG (Figure 4. 5-1). Thereafter, passive spin stabilization will be
used for attitude control during the transfer orbit and during the synchronous orbit

injection and initial correction maneuvers.

An approximate 127~degree yaw precession (for first or second
apogee injection) of the separated, spinning spacecraft about an axis parallel to the line of
apsides of the transfer orbit is next accomplished by ground command to orient it as

required for the apogee injection maneuver. Asymmetric pulsing of one thruster from
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the central pair of the diametrically opposed, spin precession thrusters with thrust

axes parallel to the spin axis will be used for this purpose (Figure 4.5-1).

The apogee injection stage must provide a velocity impulse of about
6030 ft/sec to accomplish the indicated apogee maneuver. Following injection into the
synchronous near-equatorial orbit and identification of any existing period/eccentricity
injection errors, initial orbit correction maneuvers can be accomplished. By thus
making the indicated initial period and eccentricity correction maneuvers (coordinated
so as to reduce the required velocity impulse) as soon as possible while still spinning,

unwanted satellite eastward/westward drifts relative to the earth can be minimized.

Because of the associated large velocity impulse requirement, pro-
vision has not been made for orbit control propel}ant to provide North-South station-
keeping against inclination perturbations for the planned 3-5 year mission. However,

a demonstration of this capability for a limited period bf time can be effeéted. Correc-
tion of the expected small initial inclination errors is thus not warranted (a relatively
large velocity impulse would also be required). An initial inclination bias of several
degrees can probably be used to center the inclination "'drift'" changes about a near zero

value,

The indicated "spin axis' precession control thrusters can be em-
ployed for the ground based orbit correétion maneuvers, using asymmetric thrusting
of one thfuster to precess the spihning spacecraft to the proper orientation and sym-
metric thrusting qf the pair of diametrically opposed thrusters to provide the required
corrective velozcitiy impulse. Propellant requirements have been s’ized to cbver, a full
360-degree precession maneuver and a corrective velocity impulse of 300 ft/sec.

This impulse is a very conservative value compared to the expected in-plane injection

errors.,

Orbit corrections coﬁld also be provided during the‘spinning mode by
appropriately pulSing the central radial-firing thruster mounted on the +x side of the |
spacecraft (Figufe 4.5-1). Associated disturbance torques woul& be acceptably small ’
Sinée the thrust vector of this jet can be closely aligned with the spacecréft CG for both
the stowed and deployed configurations. | | '
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Orbit corrections can be made following deployment and acquisition
of the earth-referenced attitude using these same jets. These thrusters are also used

for East-West stationkeeping and station relocation maneuvers as later discussed.

Following initial synchronous orbit correction maneuvers, the space-
craft will be despun using the previously indicated jet couple located near the corners
of the +x sides. The solar panels will next be unfolded. Three-axis jet torqueing will
then be provided by means of the thrusters aligned with the original spin (z) axis and
the jets on the corners of the +x sides (for torqueing about this z axis) as shown in
Figure 4.5-2. These thrusters are used for ground command acquisition of the refer-
ence earth-oriented attitude which is shown in Figure 4. 5-3. This reference orienta-
tion consists of the +y (pitch) axis of the satellite normal to the orbit plane, nominally
parallel to the earth's south pole for an equatorial orbit; the +x (roll) axis in the orbit
plane and perpendicular to the y axis,, nominally pointed East along the direction of
motion for a circular orbit; and the +z (yaw) initial spin axis directed towards the cen-
ter of the earth along the local vertical. The solar panels are driven about the y axis

so as to be normal to the projected sunline in the orbit plane.

Further clarifical‘ion of the relationshi‘p of the satellite body,axis
£ ZE) to which
it is desired to align the body axes is given by Figure 4.5-4, Roll, pitch and yaw

frame (x y z) and the earth-onented orbital reference frame (X Y.

angle errors are depicted therein, representing Euler angle deviations of the body

frame from the reference frame.

It was noted that the spacecraft layout will be planned so that the
plane of the jets mounted on the +x sides will closely coincide with the CG of the ‘Stowed,
fully-loaded and of the deployed apogee-motor-expended spacecraft Further, the
drive axis for the solar panels will be located very. close to the deployed spacecraft
CG. This will minimize the solar pressure dlsturbance torques actmg on the space-
craft. Periodically varying torques about the y axis will be produced by the varymg
solar aspect of the earth-trackiﬁg s,atelliite body‘. An esskentially'; inertially-fixed bias
torque will be caused by a CP-CG 'deviatlong alon'g”i};he y axis, This torque can be itl-
creased (or decreased) at solstice conditions due toa b1as torque mtroduced by the sun

illuminated top or bottom of the spacecraft
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Following acquisition of the earth-referenced orientation, the
momentum wheel aligned with the y axis will be accelerated to its bias speed. The jet
thrusters will be used to counter the associated reaction torque on the spacecraft. The
normal operational control mode designed to maintain the reference orientation can

then be initiated.

An attitude and orbit control approach for the operational control
mode has been tentatively selected based on the objectives of meeting performance re-
quirements with the highest reliability and within acceptable ground command/control
requirements for an operational satellite system. This philosophy has led to the de-
sign approach that the attitude and orbit control jets are only to be fired by ground
command, for any control mode. Further, many of the attitude control and all of the
orbit control functions have been assigned to the ground command/control station,

thereby minimizing the complexity of the on-board controller.

With the conceptual control approach under consideration, it should
not be necessary for the ground station to initiate jet commands for attitude corrective
maneuvers any more often than every 1-2 days, and far less often for orbit corrective
maneuvers. Hence, the associated command/control functions (including communica-
tions and ground computation) represent reasonable requirements for an ultimate

operational spacecraft system,

Figures 4.5-2, 4.5-3, 4.5-4 and 4. 5-5 provide an indication as to
the attitude control approach envisioned for the normal ope‘rationaly mode. As pre-
viously stated, it is desired to have the z (yaw) axis of the satellite track the local
vertical and the y (pitch) axis remain normal to the orbit plahe. The solar panels
are to be driven around the y axis so as to be normal to the pro;ected sun lme in the
orbit plane. It is noted that the expected orbit mclmatlon vanatlons of the spacecraft
(up to +2 deg‘rees over its 5-year mission) will mtroduco a flgure "8'" pattern into its

z-axis ground aim point, with latitude excursion equal to the inclination angle. |

- A near-constant-speed pitch momentum wheel (spin vector along ﬁhe
+y axis) will be used to provide a natural gyroscopic stability of the satellite about its
x/z (roll/yaw) axes in the orbit plane. The major requirement for this gyro stiffness

is that it must stabilize against the dominant solar pressure disturbance torques to a
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roll/yaw angle accuracy of about 0.5 degree between ground-originated, precession
correction (jet) commands every 1 or 2 days. Thus, no on-board closed-loop control

of roll or yaw is planned in the operational mode.

Roll angle data for the ground-based roll control loop are available at any

time for telemetering to the ground. A 2-axis roll/pitch earth sensor is used for this
purpose, looking along the +z axis of the spacecraft. Yaw angle data are provided
near an orbit sunrise/sunset condition by sun elevation angle data from one of the two
2-axis sun sensors looking parallel to the +x axes of the satellite. These solar eleva-
tion angle data must be provided over a range of +26 degrees to accommodate summer/

winter solstice conditions and expected orbit inclinations.

The sun azimuth angle data from these sun sensors,together with rela-

tive panel/satellite angle data, are used near the terminator plane to maintain acceptable

sun-pointing accuracy for the two indeperidént solar panel drive loops. These signals
can be processed via the ground station as shown in Figure 4.5-5 to yield infrequent
incremental corrective drive commands for the array drive mechanisms which are _
open-loop controlled to the nominal orbital rate. A sun alignment accuracy of several

degrees is all that is required.‘

A pointing accuracy in pitch (East-West) to the local vertical of +0.5
degree is desired as well as in rqll (North—South). Since no gyroscopic stability is
provided in pitch (around the y axis), it is planned that on-board, closed-loop nulling
of pitch error signals from the 2-axis earth sensor will bg provided. Limited up-ddwn
accelei‘ation_s of the inertia Whéel'(still preserving a minimum bias speed by infrequent,
ground commanded jet firings as necessary') can be used for this purpose to minimize

limit cycle motions and propellant expenditures.

Propellant is provided for an East-‘West‘ stationkeeping velocity im-
pulsé of 35 ft/sec (7 ft/sec per year for 5 years) and a stafion relocation impulse of
25 ft/sec. The central, radial-firing thrusters aimed through the CG and parallel to
the x axis (velocity vector) are used for this purpose based on ground-originated firing

commands.
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In sizing the propellant tanks, a 50 percent contingency was added to
the calculated attitude control propellant requirements for spin and for earth-referenced
coentrol, The latter includes stabilization againsi the dominant solar pressure disturb-

ance torque for 5 years.

In order to improve mission reliability, standby/functional redundancy
has been provided for the attitude control sensors and torquers and for the orhit control
thrusters for both the spin control and earth-oriented operational control modes. In
addition, backup, degraded-performance operational control modes have been considered
to cover a possible failure of the momentum wheel. In one mode the panels would be

driven at 16 rpm to provide an equivalent gyroscopic stabilizing effect.

Pitch anglé control around the y axis is 'a potential problem in this
mode. The pitch error signal for this closed-loop control would be provided by one of
the earth sensors as is the case for the normal operational control. However, correc-
tive torqueing actions must be generated by on-board up/down acceleration commands to

the panel drive loops, instead of to the momentum wheel as in the normal mode.

The stability effects of using the panels as a gyro "rotor'" when they
are not rotationally symmetric about the y drive axis and can dissipate significant

energies via internal damping are also matters of concern.
4.5.2 APOGEE MOTOR

The apogee motor must provide a velocity impulse of about 6030 ft/sec
in order to inject the spinning spacecraft into a synchronous, equatorial orbit. This
maneuver is accomplished at apogee of the 28. 5-degree inclined transfer orbit with a
perigee altitude of 100 n. mi. and an apbgee altitude of 19,323 n.mi. Actually, the
velocity impulse can be reduced if an initial inclination bias of 2 degrees is employed
in order to bias the inclination drift due to orbital perturbations about a near zero value.

However, the full velocity impulse has been conservatively assumed for this study.

, _ The apogee motor considered for this application is a modified Thiokol
TE-M-442 motor with a 1.85-inch belly band. This motor is predicted to have an ex-
| pended féase weight of 46.4 pounds’and to provide a propellant specific impulse of 295.4
sec.‘, together with low performance expendables weighing 5.35 pounds with a SpeCific
impulse of 80;sec'.‘ : ‘
- 4-50
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The start-burn weight for the apogee maneuver is taken to be 1355
pounds (the assumed payload capability of the improved Delta launch vehicle into the
indicated transfer orbit)minus 53 pounds (.he aft spacecraft adapter which remains with
the launch vehicle). Accordingly, the weighc of the high performance propellant re-
quired for the apogee maneuver is 609.1 pounds., The total propellant weight, including

lew performance expendables, is thus 614.5 pounds.

4.5.3 ATTITUDE CONTROL SYSTEM (ACS)
4,5.3.1 ACS Control Modes
General

There are four different attitude conirol modes which must be con-

sidered:

o) Spin control, employed during the transfer orbit, the apogee
injection maneuver and the initial synchronous orbit correc-

tion maneuvers.

o Acquisition, employed during acquisition of the reference

earth-oriented attitude.

o Operational, employed throughout the assumed 5~year
mission in synchronous orbit to preserve the reference

earth-oriented attitude.

o Backup Operational, employed as a degraded performance
control mode in synchronous ibrbit in the event of a failure
of the momentum wheel used for 2-axis gyroscopic stabiliza-

‘tion in the operaticnal mode.

‘Most of the attitude control system (ACS) analysis to date has dealt
with the operational mode as being the most critical. However, conceptual approachés
have been defined for the other control modes which will also be briefly described in

the following material.

Spin Control Mode

A basic constraint placed upon the spacecraft design is that its spin

moment of inertia while stowed (solar panels folded) be greater than its trénSverse
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moments of inertia by at least 20 percent. Hence, the spacecraft represents a stable
spinning body while in the stowed condition. Passive spin stabilization of the satellite
is accordingly fully effective. Its planned use permits long-term control in this mode

(from several days up to a month or more).

| Adequate electrical power for all spacecraft housekeeping functions
can be generated by the solar cells on the outward-facing, stowed solar panels as long
as the spin axis is maintained reasonably orthogonal to the sunline. The batteries can
also meet this power requirement for a fairly extended period of time in the absence

of solar power.

When the satellite is separated from the Delta third stage, it will be
spinning at rates up to 70-90 rpm about its z axis. The despin thrusters (couple)
shown in Figure 4.5-1 will be ground commanded to reduce the spin rate to about 45 rpm.
This spih rate will still provide adequate spin stabilization against all disturbance
torques, whether caused by natural sourcés or spin-thrust axis misalignments during
the apogee maneuver, By thus lowering the spin rate, propellant requirements for
the various spin precession maneuvers are reduqed, as are spin acceleration loadings

on the spacecraft during the apogee maneuver,

Use of the conventional sun sensor - Polang approach is planned for
spin axis attitude determination on the ground. jhis method was émployed for the
early ATS vehicles and other satellites. Telemetered data from either of two wide
angle (+ 30 degrees), 2-axis sun sehsdrs looking along the +x axes of the spacecraft

(transverse to the spin axis) are used in this mode, together with a polarized antenna

-signal, These are the same sun sensors that are used for 2-axis solar aspect data

during the subsequent acquisition and operational control modes.

Spin axis precession control as nﬁeé’ded (e.g., to reorient the apogee
motor thrust axis to the,attitud'e required for the apogee maneu\)er) is acqox’nplishéd .
by ground originated commands to one of the two (redundant) spin precession control’

thrustérs shown in Figure 4.5-1. Use of a 0.5 pound_, ‘catalyzed hydrazine thruster

. F
for this purpose yields a fully adequate 0.1 deg/sec. precession rate and permits a

flight ptoven thruster design to be chosen, as discussed in Section 4. 5.4.
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Initial synchronous orbit correction maneuvers, for quick elimination
of period errors causing unwanted satellite longitude drifts, can be effected by ground
command firing of both of these diametrically opposed thrusters. Spin precession
commands would first be sent from the ground so as to orient their thrust axes in the

required inertial direction for the corrective maneuver.

It is noted that orbit correction maneuvers can also be made in the
spinning mode by ground command firing (at the appropriate spacecraft attitude and
orbit position) of the central thruster that is mounted on the +x side (Figure 4.5-1).
The thrust vector of this jet is closely aligned with the spacecraft CG for both the

stowed and deployed conditions.

A passive damper is employed to damp coning motions during the j
spin control mode. Active control damping is not required since the satellite is de-

signed to be passively spin stable.

Acquisition Control Mode

Following injection into synchronous orbit and completion of any de-

sired initial orbit correction maneuvers, the satellite will be despun using the indicated /

spin control thrusters. The solar panels will then be deployéd.

Three-axis jet torqueing can then be provided by means of 0. 5:~'poundF b
hydrazine thrusters located on the -z side and near the corners of the +x sides of the
spacecraft. (Section 4.5.4 describes the appropriate use of these thrusters for atti-

tude control in some detail. }

The first step in acquisition of the reference, earth-oriented attitude

is to direct the solar panels towards the sun. Solar power can then be utilized and

the batteries conserved. The panels will be initially locked with the cell-mounted ;
side facing along the +x or -x axis of the spacecraft, depending on whether the subse- :
quent earth acquisition maneuver is to be pérformed near the orbit sunrise or sunset ;

condition as next discussed (See Figure 4.5-3).

General orientation of the +x or -x side of the spacecraft towards the

sun as desired can be eifected by grouhd command of the appropriate_pitch/yaw jets
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based on telemetered data on the output power level of the solar panels. Alternatively,
coarse sun sensors located around the sides of the satellite can be used for this pur-

pose.

Once the sun is brought within the field-of-view of one of the two wide
angle, 2-axis sun sensors looking along the +x or -x axes of the spacecraft, final
alignment of this axis to the sunline can be effected. This is done by ground command-
ing the pitch/yaw jets so as to null the telemetered sun azimuth (pitch) and elevation

(vaw) angle signals from this sensor.

As the satellite moving in orbit approaches the sunrise (sunset) condi- f
tion near the terminator plane, a slow earth search rate will be initiated about the
sun-stabilized +x (-x) axis. As the +z axis of the satellite is thus caused to rotate
about the sun line, the earth will ultimately come within the field-of-view of the earth
sensor. Stabilization of the +z axis to the local vertical can then be accomplished.:
This is done by commanding the roll/pitch jets so as to null the }roll and pitch angle

error signals from the earth sensor. The solar panels will then be unlocked and

driven at the preset nominal orbital rate so as to track the sun.

The y axis at this point will be normal to the ecliptic plé.ne. A yaw
maneuver can then be performed if necessary (i.e., for other than an equinox condition)
to make it normal to the orbit plane. This is accoinplished by commanding the yaw jets
so as to produce the proper sun elevation angle signal from the 2“-axis“sun sensor. The

reference orientation will then essentially have been established for the satellite.

The momentum wheel will next be brought up to its bias, gyroscopic-
stabilization speed of 1400 rpm. The hydrazine tﬁfﬁé‘ters providin'g a torgue couplek
about thé y axis are used to stabilize the spacecraft durihgiwheel _spinupi On-board,
closed-loop nulling of the pitch error signal from the 2-axis earth sensbr is employed

to provide this stabilization. This completes the acquisition sequence.

Operational Control Mode '

The primary attitude control requireinents to be met during the

operational control mode include the following:
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° To maintain the reference earth-oriented attitude (+z axis"
along the local vertical and +y axis normal to the orbit plane)
with an accuracy of + 0.5 degree about all three body axes.
(A North-South or East-West, roll or pitch angle error of
0.5 degree corresponds to a latitude or longitude deviation

of the z-axis ground aim point of 2. 8 degrees.)

. To drive the solar panels around the y axis so as to align
them to the projected sunline in the orbit plane to within

several degrees. L

[ To maximize the ACS reliability for the projected 5-year
mission lifetime by the use of flight proven components

wherever possible and by standby or functional redundancy

for critical elements subject to realistic weight and/or power

constraints, , _

With regard to the third requirement, a particular point of emphasis
in the evalution of a tentative ACS design concept was to minimize the on—board‘ con~ L
troller functions (e. g., control of the attitude control jets) where possible. At Ethe
same time, reééonable operational commahd/control requirements on the grouri‘d con- =
trol station have been maintained. Thus, it was desired that systemmatic ground |
command control functions, such as jet commands to correct attitude errors, should

be required no oftener than evvery 1-2 days, less often if possible.

'In order to meet the overall control accuracy requirements, the earth

e T It e

and sun sensor accuracy specifications were taken to be 0.1 degree desired, 0.25
degrée maximum. It has been previously noted that sustained North-South station
keeping iis‘}npfﬁ_; planned for thej subject pre—operational hybrid design because of the .
large velocity iﬁapulses associétéd_ therewith., (Short bériod demonstration of such a
capabili_ty is possible.) The orbit inclination can probably be initially biased so as to
balance the inclination !’driift"‘ d@e to orbital p_ei‘t#lfbatioqs abouf a near zero value.
This should keep théfusatellii":e :subpoinf iétitude\excursior;s within +2 -3 degrees in the
24-hour figure "8' pattern about the central equatorial longitude station. It should be
possible to keep longitude excursions much smaller, within +0.1 to 0.2 degree.
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The basic concept for the subject ACS operational control mode was
described in Section 4.5.1, with a functional block diagram given in Figure 4. 5-5.
The key features are that the satellite is earth-oriented (local vertical/orbital plane)
with the exception of the solar panels which are driven gbout the spacecraft y axis so
as to track the sun. A large momentum wheel is employed with spin axis parallel to
the satellite y axis. The natural gyroscopic stability provided by this wheel can
counter the effects of all disturbance torques and maintain the y axis normal to the
orbit plane as desired for periods of 1-2 days (without the need for corrective control

action). See Section 4.5.3.2.

On-board closed-lcop nulling of pitch angle errors about the y axis
(+z axis off the local vertical in an East-West direction as detected by a 2-axis earth
sensor) is provided, with torqueing accomplished by small variations in the high

(1400 rpm) bias speed of the momentum wheel.

Firing of the hydrazine reaction jets for attitude error corrective
torqueing about any of the three body axis can only be accomplished by ground com-
mand, and is only necessary on an infrequent basis (every 1-2 days). For this pur-
pose, roll/pitch angle data from either of two (redundant) 2-axis earth sensors bore-
sighted alqng the +z axis and yaw angle data (sun elevation angle data near the termina-
tor plane) from two 2-axis sun sensors aligned along the +X axes are telemetered to
the ground. Sun azimuth data from the sun sensors (near the terminator plane),
together with relative panel/ éatellite angle data, are used to generate incremental

corrective drive commands as required for the panels to track the sun.

It is noted as discussed in Section 4.5.3.4 that other 'locatio’né and
configurations were considered for the sun sensor. The indicated approach should
provide adequate angl‘;evdata for stabilization of the satellite in yaw and solar panels in

pitch, but further studies are needed in this area.

Backup Operational Control Modé e

Standby redundant sensors and reaction thrusters (for 3-axis torqué'ilig) :

have b-een provided for the operational mode in order to enhance mission z'eliabilit);.




However, weight limitations essentially preclude the inclusion of a redundant unit for

the heavy (30~-pound)momentum wheel and drive electronics .

Preliminary control analyses have shown that it is not sensible to use
jet-only control in the event of a failure of momentum wheel. These studies revealed
that the propellant consumption rate would be excessive even if thrusters much smaller
than the planned 0.5 poundF jets were employed. Also, ground command control of
the jets, used for reliability reasons during the operational mode, would not be practical
because of the short period between jet limit cycle firings (10 to 40 seconds). Hence,

the on-board controller would have to be made more complex than desired.

One alternative approach would be to use two small momentum wheels
instead of one large one. Should either of the small wheels fail in orbit, the remaining
wheel would still provide half the gyroscopic stabilization capability. A reasonably
effective mission could thereby still be maintained. More frequent ground-originated
jet commands for corrective precession torqueing would be required in this case, or
larger angle excursions of the y axis from its desired orientation‘ normal to the orbit
plane would have to be tolerated. Further studies are required of the performance,
reliability, weight and power of this approach compared to the tentatively selected

one of a single large momentum wheel, but it is expected to be somewhat heavier.

Still another alternative backup operational control mode has been
considered for use should the momentum wheel fail. This backup mode involves
speeding up the drive rates for the solar panels about the y axis. A drive rate of 16
rpm for each of the two solar panels would yield a gyroscopic stability equivalent to

that provided by the momentum wheel.

7 ~ Using this backup operational control mode, the ground command/
contx%'ol method would be essentially the same as that described foxj' the operational
control mode. However, on-board closed-loop nulling of pitch angle errors about the
y axis would now have to be effected by up-down acceleration commands to the panel
drive loops » a much more questionable operation compared to using the momentum
Wheei. OcvcasiOnal ground command firing of the pitch jets so as to maintain a ‘nomi_nal

16 rpm drive rate for the panels would still be employed.
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The solar power available from the "spinning' solar panels would be
reduced by a factor of approximately 1/ compared to the normal mode of operation.
Additional areas of concern are the dynamic stability effects of using the solar panels
as a gyro rotor since they are not rotationally symmetric about their driven axis and

can internally dissipate significant amounts of energy.

4.5.3.2 Solar Pressure Disturbance Torque Analyses

The gravity gradient and magnetic disturbance torques for the earth-
oriented hybrid in a synchronous orbit are negligible compared to the solar pressure
disturbance torques. These dominant solar pressure torques acting on the spacecraft

have been considered from three basic aspects for the operational control mode:

° The impact they have on sizing the momentum wheel so
that it can provide inherent gyroscopic stabilization about

the x-z axes to an accuracy of 0.5 degree for 1-2 days.

° The secular momentum buildup they may impart to the
spacecraft about any axis which must be countered by
the expenditure of reaction jet propellant, based on ground

commands to the thrusters.

° The time varying momenitum they may impart about the
y axis which is to be countered by variatiohs in the
momentum wheel bias speed, accomplished by on-board
closed-loop nulling of pitch error signals from the 2-axis

earth sensor.

- Two types of solar pressure torque analyses have be_en-conductg_e'd.‘
The so-called nominal analysis used a best estimate modeling of spacecraft component

areas and reflectivities with no tolerance effects included. The tolerance torque

analysis considered the: eﬁects of various mechaﬁcal/réﬂectivity tolerances on key -
spacecraft components. These nominal and tolerance torques were then combined

to determine the total 'di.smr.bianée effects of interest. These included the expected

precession of the groscopically-stabiliZed, spacecraft y axis during an orbit and the

attitude control propellant required to remove accumulated solar pressure momentum,
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In order to most directly examine these effects, the solar torques
are calculated in a pseudo inertial, satellite-projected sunline reference frame
(X, Y, Z). This consists of the +X axis lying in the orbit plane pointed towards the
sun projected therein, the +Y axis normal to the orbit plane pointed South for an
equatorial orbit (nominally parallel to the spacecraft +y axis), and the +Z axis in the

orbit plane normal to the projected sunline.

Solar Pressure Torques -~ Nominal

A simplified model of the hybrid configuration illustrated in Figure
4,5-2 was developed for use in assessing the level of cyclic and bias solar torques
and resulting y axis precession angles during earth orbit for equinox and solstice
sun locations. The model, consisting of flat and cylindrical surfaces equivalent in
area to those of the proposed configuration, is detailed in Appendix B where surface

properties and sample calculations are also described.

The equations used have been derived in the literature based on the
usual photon momentum transfer theory and the appropriate geometric treatment of
surfaces exposed to solar flux. Normal (Fn) and tangential (F t) components of force

are defined for flat and cylindrical surfaces as follows:

Flat Plate

" Incident Radiation

where; L [(1 + sp),cos?' ¥+ %p(l-s) cos ¢pr Ap
Ft = [(l-jsp) cos .l/: sin ab] Ppr
P, = 'solai-'pressure, 1x 1%& 1bF/ft2
Ap = Plate surface area, ft
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Cylinder Incident Radiation

WAV
r \UY "t 1E, I

b 2 —

‘where N E1+sp/3) cos2 © +p(1-s)(ﬁ/6)c,os ¢_pr Ac ' (3)

F =
Ft = El-sp cos ¢ sin qo] PfAc . 4)
A_ = Projected cylinder area, 2 r{; ft

and where
p = fraction of incident radiation reflected
s = fraction of refiect radiation which is specular

sp Specular

Incident Radiation

~~% p(1 - s) Diffuse
e = —
N
~
\ .
Na_ @ =(1-p) Absorbed

Values of p, 8, areas and the force equation coefficients are listed in Appendix B for the

fourteen surfaces u'hich make up the model,

Forces on the varicus surfaces were calceulated and moments summed
at eight orbital locations as shown in Figure 4.5-6, where the pseudo inertial (satellite-
projected sunline) and body axis frames are also indicated. - The net torque for each
location determined at equmox and solstice sun pos1t10ns 1s plotted in Figure 4. 5 7

from values tabulated in Table 4.5-1. Shadowing effects are included therein.

The spacecraft is symmetrical about the x and z axes when viewed

‘ fro;n any direction in the xz plane (see Figure 4.5-2). Thus there are no net torques
’about the X and z axes in equinox orbit. The spacecraft is unsymmetrlcal about *he
y axis and F1gure 4.5-7 illustrates the associated variation in solar torque for vary-

‘ing solar aspects. The accumulated positive angular momentum during the first half |
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DEFINITION OF AXES: o m

1) Satellite - Projected Sun - Origin; CG of Spacecraft
X = Unit vector in orbit plane a long brojection of sun line from SC CG;
~ positive toward Sun CG
Y = Unit vector, normal to orbit plane, positive in dlrectlon opposite to
orbit rate dlrectlon

' Z = Unit yector, such that Z =X x ¥

- 2) Spacecraft Body Axes - Origin; CG of spacecraft

x = along spacecraft velocity vector, positive indirection of flight
y = Through solar panel axis, posmve toward south
z = Positive toward center of earth '

Note: All axes coincident at 0°, the point of initial acquisition.

Figure 4. 5-6 Orbital Geometry for Solar T’orque' Calculatibns,
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Table 4.5~1

Solar Pressure Torque Summary - Nominal Case

WL Uk L3 - Lt L c

Tornues about X axis, Tx

Torque (Pseudo Inertial) Orbit Position
' Sunrise Noon Sunset Midnight Net
L | 0° 45° 00° | 135° | 180°) 225° | 270° 315° |Accumulation
(10 " ft-1b F) of Angular
Momentum,'
ft-lb Fesec.
T’orque around Y axis, Ty (Per Orbit)
-3
. . , , . : -5.22x10
Equinox Orbit +.850 +6.22 [+14.59|+2,70 |+.625] -.900 |-14.59 -13.20
Summer & Winter Solstice Orbits +, 500 (+5.66) |+14.22 |(+2.33)]+.550(-1.00)|-14.22 (-12.32)}-6.08 x 10-3
Y axis precession torques ( Summer Solstice Orbit; Winter Opposite Sign)
Torques about Z axis, T_ +,725 --- 1+3.35 --- |+4.66| =--- |+3.67 ——- |+27.35 x 107°
~-. 0408 --- |+3.78 ---|+,242 --=- 1-3.78 -— ~0

{+ 10,75 x 107°

per half orbit)

G gMnA RIS ET + oo L v Ageraere 4 e i sgmke st e e 400 e e st e




equinox orbit is less than the negative momentum accumulated during the second half,
leaving a net negative accumulation as listed in Table 4.5-1. Solstice orbits slightly
reduce the y axis torques, with both winter and summer orbits having the same sign.

The net momentum accumulation, however, increases by 20%.

As the orbit goes from equinox to solstice, increasing solar torgues
are introduced about the X and Z axes which result in precession of the spacecraft y
axis (parallel to the spin axis of the stabilizing momentum wheel). Both the summer
and winter orbit induced torques are mirror images of each other as seen in
Figure 4.5-7. However, the Z torques are all positive in the summer and all negative
in the winter with net momentum being accumulated during any three months. The

plus and minus X torques cancel each other over an orbit.

Solar Torques Due to CG - CP Deviations

Calculated center-of-gravity/center-of-pressure (CG/CP) location
deviations along the spacecraft x, y, and z axes are given in Table 4.5-2 for the fol-

lowing maximum tolerance conditions:

Item Description
1 Tolerance on capability of locating the spacecraft CG.
2 Size tolerance of solar panels. This affects both CG and

CP variations along all 3 axes to different degrees.

3 Effect of manufacturing variations on relative reflectivity
of solar panel arrays. This differential reflectivity for the
solar panels affects the CP along the spacecrait y axis only,
producing a constant bias torque about the pueudo inertial |
Z axis. This corresponds to sinuscidally varying torques
about the spacecraft x and z axes, displaced in phase by
90 degrees.

4 Eearing and hinge-pin clearances in the solar array supports,
~afiecting both the CG and CP along the spacecraft x and z

. é.xes as the spacecraft rotates in orbit. This yields effectively

“a fixed hias inrque about the y axis.
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Table 4. 5-2

CG-CP Dewviztion Summary

(Maximum Tolerances)

S/C CG Deviation, ft. S/C CP Deviation, ft.
ITEM ﬁx 'ﬁy A z Yx ‘yy 'yz

1. Satellite CG Tolerance .0083 . 0083 », 0083 NA NA NA
2. ‘Solar Panel Size Tolerance | . 00016 . 0006 . 00016 . 0025 . 0083 . 0025
3. Reflectivity Differences,

" Solar Panels NA NA NA NA . 00066 NA
4. Solar Panel Bearing &

Hinge Tilts . 00045 NA . 00045 00622 NA . 00622

L2 T TENOUR



Table 4.5-3 shows the resulting incremental solar torques due to the
above, about the pseudo inertial (satellite-projected sunline) Y and Z axes. Items 1,

2, and 4 are most significant, whereas item 3 is inconsequential.

Detailed calculations for the values given in Tables 4.5-2 and 4.5-3

are presented in Appendix C.

Attitude Disturbance Effects of Solar Pressure Torques

The nominal and tolerance solar pressure torques that were calculated
in the preceding sections were combined to determine how they might perturb the de-
sired spacecraft orientation. (Associated attitude control inipulse requirements are
covered in Section 4.5.4.3.) Of particular concern was the possible precession of
the spacecraft y axis about the pseudo inertial X/Z axes. It is desired to keep such
angle excursions within +0.5 degree for 1-2 days. This will obviate the need for any
more frequent ground-originated jet commands for precession correction and result

in acceptable ground command/control operational procedures.

Figure 4.5-8 presents a plot of the precession angles for the space-
craft y axis about the X and Z pseudo inertial axes for a worst case solstice condition.
It can be seen that the precession about the Z axis reaches a maximum of only 0.1
degree and essentially reduces to zero after one full orbit. The secular buildup in
total precession angle about the X axis during one orbit is only about 0. 3 degree.
Hence, by appropriate biasing of the initial y axis orientation about the X axis, pre-
cession .correction commands from the ground would not be required for three full

orbits while still keeping the X axis angle error within 0 + 0.5 degree.

A change of only 4.6 rpm in the momentum wheel bias speed of 1400
rpm is ail that is required to counter the accumulated momentum under one-half
cycle of the TYcurve showﬁ " m Figure 4.5-7. Thié is accomplished by on=board
closed-loop nulling of pitch angle error signals. '

As a concluding comment upon these solar torque analyses, it is noted
that a careful éffort w:ié made to obtain a realistic estimate of the nominal and toler-

ance disturbance torques. Additional tolerance analyses were performed as described

in Appendix B to evaluate the effects of variations in the assumed values for p and s
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Table 4.5-3

Solar Torques Due to Tolerance Effects
Torqués about Z-axis (Psuedo Inertial)

, Solar Angular Momentum
Moment Torque Per Orbit
Item Force, lb. arm, ft. ft - 1b ft -1b F - sec
-7 -1
1. S/C CG Tolerance 186.5 x 10 B =.0083 1.55 x 10  (BIAS)
' (satellite, total)
2. Solar pasel size tol. 117.8 x 10™" y_ -B = .907 x 10" (BIAS)
." (Panels) yo
: L0077
3. Differential reflectivity .0097 x 10 ' (AF 11.1 .108 x 10" ' (BIAS)
\ ' panels)
-7 -3
2 T, = 2.56 x10 (BIAS) 22.0 x 10
| Torques about Y-axis (Pseudo Inertial)
» | _ Solar
! . Moment Torque
Item Force, 1lb. arm, ft. ft - 1b
1. S/C CG Tolerance 186.5 X 10“7 BZ = ,0083 1.55 x 10-'{OSCILL) 0
- ‘ (satellite total)
2, Solar panel size tol. 139.4 x 10-7 ‘yz-ﬁz = .326 x 10-7 (BIAS)
' (panels + bases) 00234
4. Bearing & Hinge tol. 189.4 x 10" v,"B, = .804 x 10 ' BIAS)
' (panels + bases) "00577
- _7 e - -
> Fy = 1.55 x 10 ° (OSCILLATING) + 1.13 x 10 " (B1AS) 9,76 % 10°°
% - e e _
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for the various elements making up the spacecraft structure. These led to even lower

values for the solar torques.

The calculated solar torque values were surprisingly low. However,
even if they should prove to be bigger by a factor of 2, 3 or even 6 than these values,
the attitude control concept described herein should still be effective. Precession
corrective torqueing commands would be required every 2 or 1 or 0.5 days instead of
every 3 days as the analyses indicated. The additional attitude control propellant
required would be quite small. Further solar torque analyses are needed to furthef

substantiate thege studies.

4.5.3.3 Pitch Axis Control Analysis

The preceding section dealt with the quality Qf gyroscopic stabilization
provided by the momentum wheel about the roll/yaw (x/z ) axes in the presence of the
dominant solar pressure disturbance torques. That section also showed that only rela-

tively small excursions in the bias speed of the momentum wheel are required to com-

" pensate for the cyclically varying solar pressure torque'about the y axis. Also, infre-

quent ground commanded firing of the pitch jets will be all that is needed to counter
any secular build-up of momentum abbut the y axis. 'The momentum wheel can thus

be kept rotating near its desired nominal bias speed of 1400 rpm.

An additional_pitch axis control analysis has been performed to exa-
mine the general problem of the precision or resolution of wheel speed control re-
quired to ensure accurate pitch angle limit cycle control foi' realiza{blé disturbance
torque levels.  The torQue levels considered ranged from a low value of 0.33 x 10“6
ft-1b, through an intermediate value of 0.92 x 10-6 ft-lb, and up to a near maximum

value of 1,84 x 10"6 ft-1b.

The simplified equations of motion employed for this analysis were

the following:

AH = 1 Aw
, W
AH = Tt
T = Is/ca
s 2
0 = (1/2)at
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where,

AH = change in momentum, ft-lb-sec

I = y axis inertia (w-wheel, s/c-spacecraft), slug—ft2
t = time, sec

Aw = initial change in momentum wheel speed, rad/sec
T = torqlie, ft-1b

a =  angular acceleration, rad/ sec2

(8] = angular excursion about spacecraft y axis, rad

A scallop limit cycle operation (control action at only one deadband
boundary) was assumed for this analysis as depicted in Figure 4.5-9. Using the
given equations, the angular excursion () about the spacecraft y axis which would
accumulate during the time required for various torque levels to null the initial space-
craft rate caused byan initial impulsive change in wheel speed (Aw) were calculated.
These angle data are presented in Figures 4.5-10, together with a cross plot of the
timé required for the given torque levels to null the initial spacecraft rate caused by
any given Aw value., Separate plots of these time-to-null values versus Aw for various

torque levels are also giVen in Figure 4.5-11.

It'is noted that in a scallop limit cycle mode, as shewn in Figure 4,5-9,
the subject time-to-null would represent half the limit cycle period and the Aw \;alue
would vreprésént half the wheel speed change required at the crossing of the angle
control boundary to.reverse the limit cycle tréjectory. Again, this controltimpulse
is proyided at only "one side of the angle control boundary for a scallop (soft) limit
cycle; namely the side‘:"t“‘rl)w}vards which the existing disturbance torque causes the

spacecraft to drift.

Soft, scallop limit cycle control would result in lower wheel drive
power requirements compared to hard, two-boundary limit cycle control. However,
the data shown in Figure 4.5-10 indicate that in order to be able to realize soft limit

~ cycle control with acceptably small angle excursions, unrealistically fine speed control
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of the large momentum wheel would be required. This result is based upon assumed

low natural disturbance torques of the order of 10-6 ft-1b.

However, the on-board momentum wheel drive control loop could be
operated in a simple pulsed mode, based on maintaining the pitch angle error within
a preset deadband. The disturbance torque associated with momentum wheel slow-
down between su?cessive power}pu‘lses to the wheel would then far overshadow the ex-
pected solar pressure torque. An acceptable scallop limit eycle mode could thus be
established with a duty cycle of about 20 to 25 percent and with a period of about 5

seconds for an angle excursion of about + 0.25 degree.
These and other wheel drive approaches require further study.
4.5.3.4 Sensors

As indicated previously, the sensors required for the various ACS

control modes and for incremental solar panel pointing corrections in pitch are:

) Two, 2-axis earth sensors (standby redundant)

looking parallel to the +z axis of the spacecraft.

° Two, 2~axis ‘wide angle sun sensors (essentially
redundant) looking parallel to the + x axes of the

spacecraft.

A resolution/accuracy capability of 0.1 to 0.25 degree is required
for each of these sensors. Summary data are next provided regarding candidate

earth sensors and sun sensors.,

Earth Sensor

_ Several existiﬂg earth sensors appear to be.a-pplicable for pitch and
roll attitude determination for the Hybrid. Theix;'éharacteristics are summarized in
Table 4.5-4. Th_ese are of two general types: scanning and statié radiometric. The
static sensors (Quantié and Barnes) :have no moving parts, but have conical fields of

view. The scanners can be single-axis (TRW Vel‘a) or two-axis (LMSC) configurations,

- and have fan-shaped planar fields of view. ,
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Table 4, 5-4

EARTH SENSOR CANDIDATES

4-T5

-HONEYWELL TRW QUANTIC LMSC BARNES
DESIGNA TION DYGT774A1 VELA/Visor |Static IVA NOHS HAHS
(no Dual Scan Earth-Lunar
mirror) (Null Op Modified (No
H.S.) ‘1Gimbals)
(Hi Alt. H.S.)
TYPE Radiation Scan Thru Rad. Rad. Bal.|Scan Thru_ Rad. Bal.
Balance Bal. g a5 off Fdge Trkr.
. * Along Lats.
MOVING PARTS NO YES NO YES YES NG
5 Hz Thermo- |4 Hz
Static,
Non
Periodic
ACCURACY 0.1° <0.1° 0.1° 0.03° |o.,017°-  lo.1°
+30 '0.068
OUTPUT A A A, 1v/deglA or D |D, .01°/Digit |A, 1v/deg
D - Digital or Ser/Par |A, 1v/deg
A - Analog .5v/deg
LINEAR RANGE +70° +2.3°min |£5deg |£10deg |+10.24  pitch |+ 0. 5 bric @1
£19.3° max | + 2.56 roll |+10 deg Satura,
SPECTRUM 11-20 14-17 22-40 14-16 14,1-15.8 113.7-16.3
MICRONS '
AXES 2 1 2 2 2 2
WEIGHT, HD 6.5 ~3.0 { 7.0 4(7)=28.0(14.0 ‘2.0
WEIGHT, ELEC. _ ~5,0 . 10,0/} _
TOTAL WT. 6.5 .0 7.0 38.0f 4.0 2.0
o (8diaxT) | (4. 25x4. 5x7,00) (3diax7)
-|VOL, HD. 30 ~175 350 4(116)=464 |( 134 50
VOL. ELEC. 95 ~200 . .
TOTAL VOL 125 ~375 " 350 4644 134 50
(cu. in) - : o
'ALT, NM 100-60,000 | Synch. ‘Synch.  |80-25, 000 Synch, Synch.
{POWER, watts 6.0 ~7.0 2.2@ 5.0@28vdc | 1.5@
I 22-31 vdc|22-34 ’ 22-29.5vdc
SUNREJECTION | Acc: ~0.25° |Avoid Avoid by [Avoid by | Pitch- Avoid by
' Switch~- |Switch- Switches Switching,
ing ing Roll-uses Not inhibited
Std. Chord
DETECTOR Thermistor "Thermistor { Thermocouples Thermistor | Thermo-
: { Bolometer (7) | Bolometer (1) (24) 48) Bolometer (2)}piles (16)
REMARKS Needs more | In~-Orbit Qtial. Qual. Qual. design | Thermopiles
| development | 1967 Visor for AF, | 30g sine, proof, life qual. 35g
qual. ATS Life'ss | test compi, [-195+100C |




Figure 4.5-12 shows how the single scanning mirror of a typical
sensor scans the earth in a North-South direction. The Lockheed sensor, for instance,
derives pitch and roll angle information as shown in this figure. Pitch attitude (in
this orientation of the sensor) is determined by computation of the sensed difference
between two earth chord lengths which are separated by 12 degrees. Roll attitude is

derived by timing the horizon-to-center crossing in each direction along one chord.

Sun avoidance capability in one form or another is provided for 7
the sensors considered. In the pitch axis, the Lockheed sensor substitutes a
"standard' chord electrically for that chord in the scan plane intercepting the sun.
Roli informat;‘on is then derived by timing horizon crossings in the other scan plane,

out of the sun's view.

It should be noted that use of the LMSC earth sensor here for illustra-
tive purposes does not signify final selection of that sensor at this time, but the deri- ..
vation of two-axis information from a single scanning mirrbr makes this concept
attractive from a weight and power point of view. The attitude control system weight

budget reflects the assumed use of 2 redundant LMSC earth sensors, at 4 pounds each.

Two-Axis Sun Sensors

A wide-field, two-axis solar aspect sensor with a resolution/accuracy
of 9.1 to 0.25 ydegree is required for the Hybrid. It<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>