—— —— e —

-NATIONAL ADVISORY COMMIT o
~ FOR AERONAUTICS f?*"% ';%

wmﬁz‘: """" |
NACA CONFERENCE ON -

AIRCRAFT LOADS,
STRUCTURES AND FLUTTER .

A COMPILATION OF THE PAPERS PRESENTED

£ ‘Langley Aeronautlca'l Laboratory‘
l Y e . I.angley Fleld Vlrglnla

MARCH 5 6 and 7 1957

it ,»..,¢~;fjf-_-“N71 75382*‘N71- :54_)31’

(ACCESSION NUM| (TH
(P ﬁé/éL {)DE)
L7 7

{NASA CR oﬂmx OR AD NUMBER) (CATEGORY)

FACILITY FORM 602

§ ‘ . £ e
. v o3 g fe N i
Yk Ll B e, sy B e ] oy B
: s R e #, o TR ol ¢ ', ’ %G

i .
J
T s Pt £
Wi S T Ty
| Bl 5 7 s I St i bk
o k TR R T
4 '
58
iy v
S g




NACA CONFERENCE ON

ATRCRAFT LOADS, STRUCTURES, AND FLUTTER

A Compilation of the Papers Presented

Langley Aeronautical Laboratory
Langley Field, Va.

March 5, 6, and 7, 1957



TABLE OF CONTENTS

INTRODUCTION
LIST OF CONFEREES

TECHNICAL PAPERS PRESENTED

ATRCRAFT IOADS

Session Chairman: Philip Donely

Loads on Lifting Surfaces and Bodies

Factors Affecting loads at Hypersonic Speeds . . . by Arthur L/
Henderson, Jr., and Mitchel H. Bertram

Span Loadings Due to Wing Twist at Transonic and Supersonic Speeds »/
« « . by Frederick C. Grant and John P. Mugler, Jr.

Flight Measurements and Calculations of Wing loads and Load Distribu- /
tions at Subsonic, Transonic, and Supersonic Speeds . . . by Frank
S. Malvestuto, Thomas V. Cooney, and Earl R. Keener

Air Ioad Distributions on a Flapped Wing Resulting From Leading-Edge "/

and Trailing-Edge Blowing . . . by H. Clyde McLemore

Calculation of External-Store Loads and Correlation With Experiment v/
. « by Percy J. Bobbitt, Harry W. Carlson, and Albin O. Pearson

Steady loads Due to Jet Interference on Wings, Tails, and Fuselages ‘/
at Transonic Speeds . . . by John M. Swihart and Norman L. Crabill

Effects on Adjacent Surfaces From the Firing of Rocket Jets . . . by ‘/
Walter E. Bressette and Abraham Ieiss

TLoads on Stabilizing and Control Surfaces

Influence of Automatic Control of Roll Coupling and Pitch-Up on Tail /

Loads . . . by Ralph W. Stone, Jr.
Aerodynamic Loads on Tails at High Angles of Attack and Sideslip "
. «» by J. Richard Spahr and Edward C. Polhamus
Ioads Due to Controls at Transonic and Low Supersonlc Speeds . . . by 'v/
F. E. West, Jr., and K. R. Czarnecki ; z
| S
iii



Gust Ioads
Experimental Results on Wing Loads Due to Blasts . . . by Harold B. ~~
Pierce and Donald R. McFarland ;A

Airplane Motions and Loads Induced by Flying Through the Flow Field V)
Generated by an Airplane at Low Supersonic Speeds . . . by Gareth
H. Jordan, Earl R. Keener, and Stanley P. Butchart
-
Effects of Airplane Flexibility on Wing Bending Strains in Rough Air V
. by Thomas L. Coleman, Harry Press, and C. C. Shufflebarger

loads Implications of Gust-Alleviation Systems . . . by William H. v
Phillips
Ground Loads :
7~
9%
Recent Data on Tire Friction During Landing . . . by Sidney A. Batterson
A Summary of Ground-Loads Statistics . . . by John R. Westfall, Benjamin
Milwitzky, Norman S. Silsby, and Robert C. Dreher
STRUCTURES
Session Chairman: Richard R. Heldenfels
Aerodynamic Heating
Aerodynemic Heat Transfer to Wing Surfaces and Wing leading Edges ~
. by Aleck C. Bond, William V. Feller, and William M. Bland, Jr.
Total Heat Transfer to Blunt-Nose Shapes With Laminar Boundary layers Y
at High Supersonic Speeds . . . by John O. Reller, Jr. P
e
Local Heat Transfer to Blunt Noses at High Supersonic Speeds . . . by
William E. Stoney, Jr.
Heat Transfer to Bodies at Angles of Attack . . . by William V. Feller
e
Heat Transfer in Regions of Separated and Reattached Flows . . . by V

Davis H. Crawford and Charles B. Rumsey

Structures at Elevated Temperatures

Flight Measurements of Airplane Structural Temperatures at Supersonic “
Speeds . . . by Richard D. Banner

:3 iv



-

Two Factors Influencing Temperature Distributions and Thermal Stresses b///
in Structures . . . by William A. Brooks, Jr., George E. Griffith,
and H. Kurt Strass

Effect of Transient Heating on Vibration Frequencies of Some Simple v///
Wing Structures . . . by Louis F. Vosteen, Robert R. McWithey, and
Robert G. Thomson

Effects of Rapid Heating on Strength of Airframe Components . . . by L////
Richard A. Pride, John B. Hall, Jr., and Melvin S. Anderson

The Combinations of Thermal and lLoad Stresses for the Onset of V///
Permanent Buckling in Plates . . . by George W. Zender and Richard
A. Pride

Some Expe-~iments With Insulated Structures . . . by Richard J.
Rosecrans, Aldie E. Johnson, Jr., and William M. Bland, Jr.

Some Research Results on Sandwich Structures . . . by Melvin S. ¢
Anderson and Richard G. Updegraff
_ Recent Research on the Creep of Airframe Components . . . by Eldon E. o
Mathauser, Avraham Berkovits, and Bland A. Stein
A Relation Between Stress, Strain Rate, Time, and Temperature for ;////
Metals at Elevated Temperatures . . . by Elbridge Z. Stowell and

George J. Heimerl

Reactions of Materials in High-Temperature Air Flows . . . by Joseph ”

G. Thibodaux, Jr., and Joseph N. Kotanchik
Fatigue

Fatigue~Crack Propagation and Residual Static Strength of Built-Up L///’
Structures . . . by Herbert F. Hardrath and Richard E. Whaley

Some Aspects of Fail-Safe Design of Pressurized Fuselages . . . by uf'/'
Paul Kuhn and Roger W. Peters *

Results From Random-Loading Fatigue Tests of a Full-Scale Transport \*///
Wing . . . by John B. Garvin

Studies of Structural Failure Due to Acoustic Loading . . . by , e

Robert W. Hess, Robert W. Fralich, and Harvey H. Hubbard




.
N Lo~ ~
-
S -

FLUTTER AND BUFFETING

Session Chairman: Arthur A. Regier

Buffeting

The Use of Wind Tunnels to Predict Flight Buffet Loads . . . by Don D. v
Davis, Jr., and Wilber B. Huston ///

Effects of Wing and Fuselage Modifications on Buffeting . . . by Fred
B. Sutton and J. Walter Lautenberger, Jr.

Flutter
Theoretical and Experimental Investigations of Delta-Wing Vibrations u//
. by Edwin T. Kruszewski, Eldon E. Kordes, and Deene J. Weidman

Oscillating Air Forces and a Presentation of Some Flutter CalculationSV///
. by Charles E. Watkins, Donald J. Woolston, and Herbert J.
Cunningham

v

Flutter at Very High Speeds . . . by Harry L. Runyan and Homer G. Morgan

Flutter of Wings With and Without External Stores at Transonic and v
Supersonic Speeds . . . by lLaurence K. Loftin, Jr., and William T.
Tauten, Jr.

Aerodynamics of Oscillating Control Surfaces at Transonic Speeds v//
+ - . by Robert F. Thompson and Sherman A. Clevenson o

Status of Flutter of Flat and Curved Panels . . . by Robert W. leonard
and John M. Hedgepeth

Flutter and Divergence of Rectangular Wings of Very Low Aspect Ratio
. by Robert W. Fralich, John M. Hedgepeth, and W. J. Tuovila
. /
Flutter Experiments With Various Control Configurations . . . by v
Robert W. Boswinkle, Jr., and Homer G. Morgan




INTRODUCTION

This document contains reproductions of technical papers on some
of the most recent research results on aircraft loads, flutter, and
structures from the NACA laboratories. These papers were presented by
mermbers of the staff of the NACA laboratories at the Conference held at
the Langley Aeronautical Laboratory March 5, 6, and T, 1957. The pri-
mary purpose of this Conference was to convey to contractors of the
military services and others concerned with the design of aircraft these
recent research results and to provide those attending an opportunity
to discuss the results.

The papers in this document are in the same form in which they were
presented at the Conference in order to facilitate their prompt distri-
bution. The original presentation and this record are considered as
complementary to, rather than as substitutes for, the Committee's more
complete and formal reports. Accordingly, if information from this
document is utilized it is requested that this document not be listed
as a reference. Individual reports dealing with most of the information
presented at the Conference will subsequently be published by NACA and
will therefore be suitable as reference material.

A list of the conferees is included.
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FACTORS AFFECTING LOADS AT HYPERSONIC SPEEDS

By Arthur Henderson, Jr., and Mitchel H. Bertram

Langley Aeronautical Laboratory
SUMMARY

This paper gives a brief summary of current loads information at
hypersonic speeds. Several methods which the designer can employ in
estimating the loads on various aircraft components are discussed. The
paper deals with the characteristics of both slender and blunt configura-
tions and touches upon the effects of boundary-layer and aerodynamic
interference.

INTRODUCTION

The calculation of loads at hypersonic speeds regquires the use of
techniques with which many designers are not very familiar. The methods
based on linear or second-order theory, which were widely used at super-
sonic speeds, are inadequate for slender configurations at hypersonic
speeds and, of course, are completely inapplicable to configurations
with blunt noses or leading edges.

In this paper it is shown that certain simplifying features which
allow good design approximations of loads to be made with a minimum of
effort exist at hypersonic speeds. In addition, some of the unsolved
problems associated with hypersonic phenomena are pointed out.

SYMBOLS
a speed of sound
A constant
c local chord length
[ mean.aer;dynamic chord
Cn section normal-force coefficient

w

<
o
B
/~
=
a8
3
Z
O
n
o
:
=
faw




[0

local surface pressure coefficient

maximum body diameter

height of wedge

hypersonic similarity parameter, M %

length of nose or wedge

Mach number

pressure

radius

Reynolds number

arc length

thickness

velocity

distance from nose or leading edge in body-axis system
angle of attack

ratio of specific heats

flap deflection angle

incremental value

distance between adjacent streamlines
cone shock angle

sweepback angle

cone semiapex angle

time

meridian angle y E}
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Subscripts:

o free-stream conditions
B(W) body in presence of wing
MAX maximum

S shoulder

t based on thickness

d based on diameter

DISCUSSION

There are several methods which the designer can employ in arriving
at an estimate of the loads on the various aircraft components. Before
discussing them, however, it is instructive to consider, qualitatively,
how hypersonic phenomena differ from supersonic.

Although hypersonic flow introduces many problems which were not
encountered at supersonic speeds, it also introduces certain simplifying
features; and aerodynamicists have not been long in taking advantage of
them. For example, one source of simplification at hypersonic speeds is
the fact that, in the exact shock equations, the Mach number term is
usually squared and often appears in the denominator. Thus, as the Mach
number increases, these terms become insignificant; thus relatively
simple expressions often yield accurate approximations for certain flow
properties at hypersonic speeds.

Slender Configurations

Characteristics of hypersonic flow.- Some simplifying features of
hypersonic flow are illustrated in figures 1 and 2. One of the character-
istics of hypersonic flow is its tendency toward two-dimensionality when
in contact with slender bodies or surfaces. (See fig. 1.) The upper
half of figure 1 depicts a sharp-leading-edge sweptback wing in a low
and in a high Mach number flow field. There are two streamlines the same
distance € apart. As shown by the dashed lines, the fields of influence
from each disturbance point along the leading edge spread across the wing
in supersonic flow, whereas they are confined to a relatively narrow
region in hypersonic flow. 1In addition, the right streamline of each
pair will strike the leading edge later than the left one, the time lag

bedl AT = ELJEELJE. Obviously, as the Mach number increases, the time
ng s
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lag decreases; thus at high Mach numbers the right streamline strikes
the leading edge at almost the same time as the left one. Consequently,
ag far as the fluid itself is concerned, it feels as though it is practi-
cally two dimensional.

The bottom half of figure 1 depicts the fundamental basis of the
generalized shock-expansion method as applied to slender three-dimensional
bodies. As Eggers and Savin (ref. 1) have shown, so long as the diver-
gence of streamlines along the body is negligible, the flow on the body
surface and the associated flow field will be essentially two-dimensional
in nature; consequently, two-dimensional shock-expansion theory can be
used to analyze the flow about slender bodies of revolution.

Hypersonic similarity law.- The designer has another powerful tool
at his disposal in the form of the hypersonic similarity law (see, for
example, refs 2 to 4), which states that the pressures at corresponding
points on similarly shaped bodies are identical if, for the two bodies,
the product of free-stream Mach number and thickness ratio is a constant.

The physical concept behind the hypersonic similarity law is illus-
trated qualitatively in figure 2. Two marbles are shown, each rolling
toward its own wedge. The upper marble will rise a height h in the
length 17 with the velocity V7, while the lower marble will rise the

same height h 1in the longer length 1o = Aly; but with the higher veloc-

ity V2 = AVy. The ratio of lengths and velocities is such that both

marbles rise the same height h in the same length of time; that is,
they both experience the same change of velocity and, consequently, each
marble will impart the same amount of momentum to its particular wedge.
If the marbles are thought of as air molecules and the wedges as cor-
responding slopes on two similar bodies, a direct analogy with the hyper-
sonic similarity law is immediately apparent.

The approximate region in which the hypersonic similarity law is
applicable has been determined by Lees (ref. 5) to be about as shown in
figure 3 for cones. This region is determined by the condition that the
cone shock angle 8g 1is less than 24°, Thus, the maximum cone angle
for good correlation at hypersonic speeds will be about 20°. Bodies of
revolution such as ogives are essentially conical at the nose and decrease
in slopes thereafter. Therefore, if the nose of any pointed body is
about 20° or less, it should correlate well with this law. For ogives,
this means the fineness ratio should be about 3 or more.

Figure 4 presents the pressure-ratio distribution on ogives. The
solid lines are the characteristic solutions of Rossow (ref. 4), each of
which is for at least two different combinations of M, and 1/d

within the range shown at the lower right. Although Mo = 12 was the
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highest value of M, used in the calculations, it should be pointed out

that this value is not meant to be taken as an upper limit. Also shown
are the tangent-cone approximations of Probstein and Bray (ref. 6). For
K2 1, they applied the tangent-cone approximation to Lees' result which
is for the case when the shock lies fairly close to the body; and for
K < 1, that is, when the shock is well removed from the surface of the
slender bodies, the tangent-cone approximation is applied to Kérmén's
result in linearized supersonic flow.

Van Dyke has pointed out in his work on the hypersonic small-
disturbance theory (refs. 7 and 8) that the range of applicability of
the hypersonic similarity law can be extended to the transonic range by
replacing the Mach number term with the Prandtl-Glauert similarity fac-

tor VM“,2 - 1. The degree to which this correlation is successful is
illustrated in figure 5 for cones with semiapex angles of 5°, 10°, 15°,
and 20°. In this figure Cp/tan2 ¢ 1is plotted against VMQQ -ltan o

for a Mach number range from 1l.15 to hypersonic speeds. Each curve is
ended when sonic velocity appears on the cone surfaces. The correlation
is seen to be excellent.

The correlation for bluff cones as suggested by Newtonian theory
is presented in figure 6, where Cp/sin2 ¢ 1is plotted against o. For
the ranges of Mach number and ¢ shown, a good approximation to the

3 =~ 2.2,

sin2 ¢

pressure on the surface of a bluff cone is

Shock-expansion theory.- The use of two-dimensional shock-expansion
theory to predict the pressures on slender bodies of revolution at zero
angle of attack at hypersonic speeds is well known. Eggers and his
associates (refs. 1 and 9) have shown that, provided conditions at the
nose are known from either conical theory or experiment, the generalized
shock-expansion method can be used for slender bodies of revolution at
angle of attack.

Figure 7 shows a comparison of the shock-expansion theory with experi-
ment for an ogival nose at an angle of attack of 15° and a free-stream
Mach number of 5.05. The symbols show the experimental pressure coef-
ficients along the top, side, and bottom meridians. The theoretical pre-
dictions begin with the assumption of conical flow at the nose. The solid
curves use the theoretical cone approximation of Savin (ref. 10) as the
starting point for the shock-expansion calculations, and the dashed curve
uses experimentally determined conditions on the nose cone as the starting
point for the caleulations. Obviously, a reliable theoretical method is
preferable for design work. It is seen that on the bottom meridian, which
would be of most interest for loads considerations, the shock-expansion

A
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calculations agree with experiment for both the theoretically and the
experimentally determined starting conditions; that is, Savin's theoretical
cone results combined with shock-expansion theory will give good design
estimates of maximum loads on sharp noses at angle of attack.

Effect of Blunting

In cases where high heat-transfer rates are expected, the use of
blunt leading edges and noses is dictated. Figures 8 and 9 present
results for both two-dimensional circular cylinders (refi. 11 and 12)
and hemispherical-nose bodies of revolution (ref. 13). The results for
circular cylinders (fig. 8) would be applicable both to bodies of revolu-
tion at high angles of attack and to the leading edges of blunt sweptback
wings. Figure 8 is essentially a double correlation of pressure ratios.

It shows the mamner in which the pressure ratio varies with meridian angle,
and it is good for a wide range of sweepback angles. Also note that, as the
Mach number increases, the band of experimentally determined pressure

ratios converges toward the theoretical curve of Goodwin (ref. 12) shown

by the dashed line. Penland (ref. 11) has shown that Ppax can be deter-

mined on yawed circular cylinders for sweepback angles from O° to about

75° at M, = 6.9 by using the normal component of My. Thus, the abso-
lute pressure distribution on the windward side of yawed circular cylinders
can be obtained.

The results for hemispherical noses in figure 9 show excellent agree-
ment with Newtonian theory. In this figure the pressure-coefficient ratio
is plotted against s/r, which is the arc angle in radians. As can be
seen, the pressure-coefficient ratio is independent of Mach number. The
curve of Cp,MAx against M., in the upper right of the figure shows

that, for values of My greater than about &4, Cp,MAX is essentially

a constant on the order of 1.8. Thus, with the aid of Newtonian theory,
Cp can be closely estimated, and for values of M, above about 4, the

Cp distribution will be essentially invariant with M.

As was mentioned previously, many of the exact flow parameters can
be closely approximated with simple expressions in the hypersonic-flow
regime. TFor example, for ¥ = 1.4 and My >> 1, it can be shown that

the ratio of free-stream static pressure to stagnation pressure on a
blunt-nose body is approximately O.777/M@2. (This ratio is determined
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in the appendix.) The percentage error in the true value of Pm/pMAX
incurred by using the approximation is shown by the sketch. At M, = 3,

the error is only L4 percent and it
decreases rapidly thereafter with
increasing Mx. It can also be

shown that for M, >> 1, the ratio 8r
of local pressure to maximum pres- % ERROR IN - ©[
sure is approximately equal to the P al
ratio of local pressure coefficient Prrn
to maximum pressure coefficient. MAX 21
Consequently, the ratio of the local [y 3
absolute pressure to the free-stream o} 2 4 6 8 10
static pressure is given by Mo
2 ¢
R Moo P s that is, at hyper-

Po O0.T7T7 Cp,Max

sonic speeds, the absolute pressure at any point on a blunt nose is
directly proportional to the square of the Mach number. In particular,
for any given altitude, the absolute pressure distribution on a hemi-

p:

= cos?(sfr) for O € s/r $ 1.3 radians.
Bo = g7 oS (s/r) / 3

spherical nose is given by

i
The fact that the experimental pressiwres deviate from the theoretical

pressures beyond about 1.3 radians is due to a combination of entropy,
vorticity, and boundary-layer effects, which, of course, Newtonian theory
does not include. For the Mach numbers considered herein, the effects are
negligible as far as loads are concerned. As the Mach number is increased,
however, these effects become increasingly important.

Figure 10 shows how, as a result of entropy gain, the surface pres-
sure at the shoulder varies with Mach number. The model in figure 10 is
a two-dimensional flat slab with a sonic-wedge leading edge. The pres-
sures were calculated by simple inviscid shock-expansion theory. It can
be seen that, as Mwx increases, the shoulder pressure increases to very
large values. The pressure on the shoulder of blunt-nose bodies and blunt-
leading-edge wings would follow the same trend with Mach number.

Figure 11 presents theoretically and experimentally determined pres-
sure distributions on a blunt-leading-edge flat plate for a free-stream
Mach number of about 7. The theoretically determined pressure distri-
butions were approximated by assuming sonic-wedge leading-edge conditions.
Also indicated in the figure is the value of the pressure ratio for no
entropy gain and zero vorticity. The assumption that free-stream static
pressure exists on the flat plate was perfectly acceptable at lower super-
sonic speeds. At hypersonic speeds, however, the large entropy gain
through the normal shock and the large entropy and vorticity gradients
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induced in the flow field by the high shock curvature result in the type
of pressure distribution shown by the solid curve. This curve was cal-
culated for the inviscid flow at a Mach number of about 7 for the sonic-
vedge leading-edge configuration shown at the upper left. The dashed
curve is the experimental pressure distribution for the blunt-leading-
edge plate shown on the right at one value of Reynolds number. The 4if-
ference between these two curves is due to the presence of the boundary
layer. If the Reynolds number had been lower, the boundary layer would
have been thicker and the separation of these two curves would have been
greater; the converse being true if the Reynolds number had been higher.
It should also be pointed out that, as the Mach number increases, not
only does the level of p/pw at the shoulder increase but also the rate of

decrease with distance becomes less, so that the entropy and vorticity
effects are spread over a greater distance at higher Mach numbers.

Effect of Boundary-Layer Separation

When real fluid effects, including boundary layers, are brought
into the picture, the consequences of boundary-layer separation must also
be considered. At hypersonic speeds boundary-layer separation is often
important, although it can sometimes be neglected.

Figures 12 and 13 illustrate examples of boundary-layer separation
which must be considered and boundary-layer separation which may be neg-
lected. Both the body with conical flare ("flared skirt") shown in fig-
ure 12 and the body with flapped wing shown in figure 13 were tested at
Mo = 7. (See refs. 14 and 15, respectively.) The manner in which the
separation point moves rearward along the flared-skirt body with increasing
Reynolds number is indicated by the solid line in figure 12. The body-
pressure-coefficient distributions for two extreme positions are shown
above with corresponding symbols. The importance of knowing whether to
design for separated or unseparated flows is obvious. For unseparated
flow the skirt pressure is about what would be expected in the absence
of viscosity, while the laminar separation region essentially protects
the skirt from direct contact with the free stream.

On the other hand, a large portion of the upper surface of the wing
with trailing-edge flap (fig. 13) is in a separated-flow region and there
is essentially no effect on the upper surface pressure coefficient. Fig-
ure 13 shows the flap deflected 16°; however, the same effects would be
true with a negative flap deflection. The loads on the upper surfaces
of wings at angle of attack in hypersonic flow are essentially negligible
whether separation exists or not; the difference between free-stream pres-
sure and vacuum is so small in comparison with the pressures on the lower
surface that, for all practical purposes, the upper surface can be neg-
lected in loads calculations.
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The separated flow on the lower surface is confined to a relatively
small region. If this separation point were to move forward the lower
surface loads would be affected more than shown in figure 13. The magni-
tude of the loads induced would also depend on the condition of the bound-
ary layer, that is, whether it is laminar or turbulent.

There is as yet not enough knowledge about separation at hypersonic
speeds to be able to predict when or where separation will occur for
either laminar or turbulent flow.

Aerodynamic Interference

Another field which is relatively unexplored at hypersonic speeds
is that of aerodynamic interference and the role that interference plays
in altering the expected loads on any component.

One phase of the interference problem was investigated by building
a scale model of a configuration which had previously been tested at
Mo = 3.36. (See refs. 16 and 17.) This model was tested at M, = 6.85
in the Langley 1ll-inch hypersonic tunnel. Some preliminary results are
presented herein.

Figures 14 and 15 present the span-load distributions on the wing
alone.and on the wing in the presence of the body at an angle of attack
of 15° for M, = 3.36 and Mc = 6.85, respectively. The overall trends
of the results at M, = 3.36 are about what would be expected. The
results at Mo = 6.85 show the large localized effect which the thick
boundary layer plays in interference between adjacent components. The
indicated position of the boundary layer was taken from schlieren pictures
at a = 0° on the sharp-nose body. The thickness and condition of the
boundary layer at the wing-body juncture at o = 15° is not known. Note
also the effect of nose shape on the loadings. The blunt nose decreased
the wing loadings. Although the decrement was not appreciable at this
Mach number, it is to be expected that the greater losses incurred by a
detached shock at higher Mach numbers will more seriously affect the
loadings not only on the wing but also on all components within the region
of influence of the highly rotational part of the flow field associated
with blunt noses.

The shock-expansion theory predicts the loading on the wing alone
at My = 6.85 fairly well. The results of the M, = 3.36 tests are
not a fair test of the adequacy of shock-expansion theory since at
o = 15° +the leading-edge shock is detached at M, = 3.3%6.

Figure 16 presents the interference loading on the body due to the
presence of the wing at an angle of attack of 15° for My, = 3.36 on the
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sharp-nose body and Mo = 6.85 on the sharp- and blunt-nose bodies.
The orientation of the wing and body with respect to the load-distribution
curve is as indicated. '

Mach number apparently does not play an important role in inter-
ference effects in this Mach number range, as evidenced by the fact that
the general trends of the interference loading curves on the sharp-nose
body at . Mew = 3.36 and Me = 6.85 do not differ widely. The effect of
nose shape on body interference loadings is evidenced by the relative
displacement of the curves with the square and diamond symbols, and, as
already mentioned, the significance of this type of interference will
probably increase with increasing My. Also of interest is the fact
that the maximum interference loading for each of the three curves was
50 to 60 percent of the corresponding body-alone loading.

CONCLUDING REMARKS

- This paper has summarized briefly current loads information at
hypersonic speeds. Several methods which the designer can employ in
estimating the loads on various aircraft components have been discussed.
The paper has considered the characteristics of both slender and blunt
configurations and the effects of boundary-layer and aerodynamic inter-
ference. Many problems still confront the designer - the effect on tail
loads of the wing flow field and its associated high-energy wake and the
effect of the body flow field and its highly rotational flow for blunt-’
nose bodles. In addition, the effect on loads at hypersonic speeds of
the inert degrees of freedom of the components of the air (molecular
vibration, dissociation, and ionization) is essentially unknown.
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PRESSURE RELATION APPROXIMATTONS
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The ratio of free-stream static pressure to stagnation pressure for

a blunt-nose body can be calculated approximately from the following exact

relation (see ref. 14, eq. (100)):

1
2 Y1
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pc:o - ')’+l _
Pmax 5L
(y + DM |7-1
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Since r X 1, equation (1) can be written:
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As M, becomes large, equation -(2) is closely approximated by
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For y = 1l.L, equation (3) becomes
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In eddition, since

o - 2 (Pmax
IJ,MAX‘7 2\ p_

the ratio of local surface pressure coefficient to maximum surface
pressure coefficient becomes

P _ Po

Cp__ P-DPs _ Puax Pmax (5)
Cp,max  PmaX - Pw - oo
Pmax

Rearranging the terms of equation (5) yields

p_Cp+Pm<_ Cp) (6)

Pyax  Cp,max  Pmax Co, MAX

which, with the aid of equation (4), yields for large M,

P . _® 0
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SPAN LOADINGS DUE TO WING TWIST AT
TRANSONIC AND SUPERSONIC SPEEDS
By Frederick C. Grant and John P. Mugler, Jr.

Langley Aeronautical Laboratory
SUMMARY

Two similar tapered sweptback plan forms with the same two spanwise
variations of twist have been tested in the Mach number range from 0.8
to 2.0. The test results showed, in general, rather good agreement with
theoretical predictions of the incremental span loadings due to twist
for zero angle of attack. The measured incremental span loadings due
to twist generally diminished with increasing angle of attack through
the Mach number range. At a Mach number of 0.9, the incremental loadings
progressively vanished from the tip inboard with increasing angle of
attack. For the highest angles of attack (about 20°) at Mach number 0.9,
there was no difference in the span loadings of the flat and twisted
wings. At the higher supersonic speeds, a similar vanishing at the tips
of the incremental loading due to twist was starting at the highest angles
of attack (near 20°).
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For angles of attack lower than about 20° at supersonic speeds, no
important change in the shape of the incremental loadings occurred,
although the strength of the loading diminished with increasing angle
of attack.

INTRODUCTION

The thin wings of modern high-speed airplanes deform appreciably
in flight. The changes in air loading due to these deformations have
not been extensively investigated. An aerodynamically important form
of deformation is twist, or change in angle of attack at a given span-
wise station on a wing. As part of a research program on the loads due
to wing twist, two simple spanwise twist distributions have been tested
at the Langley Aeronautical Laboratory in the Mach number range from 0.8
to 2.0. For a complete airplane with stores and nacelles acting on the
wing, the twist distribution along the span may be rather complicated.
It is hoped that the loadings due to simple twist distributions will,
by superposition, give the loadings due to complicated distributions.
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SYMBOLS

aspect ratio

span

chord

average chord
section normal-force coefficient
Mach number
dynamic pressure
thickness
chordwise distance
spanwise distance
angle of attack

incremental normal-force coefficient

incremental lifting pressure

sweepback at quarter chord

taper ratio

MODELS

wings tested and the twist variations which were built in are
figure 1. The wings tested at transonic speeds had an aspect
b, 450 of sweepback at the quarter chord, and a taper ratio
The semispan wipg_ﬁested at supersonic speeds had an aspect
3.5, 50° of sweepback at the quarterr chord, and a taper ratio
The thickness of the transonic wings varied from 6 percent at
center line to 3 percent at and beyond halfway to the tip.
The thickness of the supersonic»gings was a constant 5 percent.
camber was built into the transonic wings.
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All the wings tested had the
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same 65A-series thickness distribution and the same spanwise variations
of built-in twist. The twist angle at the tip was 6°, in every case,
which is attained by a linear and quadratic variation with spanwise
position. The tips are at a lower angle of attack than the root, or
washed out, for the positive direction assumed in this paper. Flat wings
were tested in each speed range to provide a reference to which the
twisted wings might be compared.

INCREMENTAL ILOADING

Figure 2 shows the span loadings on the flat wing and the linearly
twisted wing at M = 1.6 and at a« = 12°. The difference in these span
loadings, or incremental span loading, is also shown. Incremental span
loadings formed in the same manner will be the basis of comparison between
linear theory and the test results at the other Mach numbers and angles of
attack.

The incremental loading shown in figure 2°is the isolated effect
of spanwise wing twist with, of course, the nonlinear influence of angle
of attack and thickness neglected. If real wings behave as do the wings
of linear theory, the incremental loading for a given spanwise twist dis-
tribution will not change with angle of attack. For this case the incre-
ment in normal force produced by 6° of twist is 13 percent of the flat-
plate normal-force coefficient. This illustrates the fact that, for a
given overall accuracy in predicting the loading on a twisted wing, the
accuracy of prediction of the incremental loading can diminish as the
angle of attack increases. -

PREDICTIONS AT ZERO ANGLE OF ATTACK

In order to eliminate, as far as possible, the influence of angle
of attack, the root angle of attack may be set to zero. The predicted
and measured incremental span loadings due to twist with the root angle
of attack set to zero are shown in figures 3 and k4.

Wings With Linear Twist

Transonic speeds.- Figure 3 shows the comparative theoretical and
experimental incremental span loadings for the transonic linearly twisted
wing. The section loading parameter Ac, ?/CAV is plotted against

the spanwise position 2y/b, and the vertical dashed line indicates the
spanwise position of the wing-body Jjuncture.
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At M = 0.90, the agreement between the data and theory is fairly
good. The theory shown is a lifting-surface theory with a provision for
approximating the presence of the body. (See ref. 1.) The prediction
is better outboard than it is nearer the body.

At M = 1.20, there is close agreement between the data and theory,
even though the validity of linear theory is becoming questionable as
the Mach number approaches one. The theory used at supersonic speeds
for subsonic leading edges is that given in references 2 and 3. In
addition, the boundary conditions were only approximately satisfied in
the theoretical computations for the transonic wings at M = 1.20. No
attempt was made to account for the presence of the body. A feature of
the results at M = 1.20 is the apparent absence of any marked influence
of the body on the incremental span loadings.

Supersonic speeds.- Figure U4 shows the incremental span loadings
with zero root angle of attack for the supersonic linearly twisted wings
at M = 1.6 and 2.0.

Figure 4 shows that the data are about 20 percent lower than pre-
dicted values. As predicted, the loading is slightly weaker at the higher
Mach number. The shock waves caused by the thickness seem to have no
more effect on the span loadings at M = 2.0 than at M = 1.6, although
the leading edge is supersonic at M = 2.0 and shock waves due to thick-
ness must certainly be more severe. The theory used at M = 2.0 is
given in reference 4

Wings With Quadratic Twist

Transonic speeds.- Figure 5 shows the incremental span loadings
on the wings with gquadratic twist as measured and predicted at transonic
speeds.

The agreement with theory is again rather good at M = 0.90. The
agreement at M = 1.20 1is about the same as it was in the case of the
wings with linear twist. Again there is no apparent body effect
at M =1.20.

Suﬁersonic speeds.- Figure 6 shows the predicted and measured incre-
mental loadings for the wing with quadratic twist at M = 1.6. Data
for M = 2.0 are not yet available.

The agreement is better in this case than it was for the linearly
twisted wing at this Mach number. The values are only 7 percent lower
as compared with about 20 percent for the wing with linear twist. This
must be partly due to the fact that the average angle of twist over the
plan form is lower than it was in the case of the linearly twisted wings.
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LIFTING PRESSURE DISTRIBUTIONS

Figure 7 shows the chordwise lifting pressure distribution corre-
sponding to two of the incremental span loadings previously shown. The
lifting pressure coefficient A@/q is plotted against the chordwise
position x/c; distributions are for Mach number 1.6, zero root angle of
attack, and the spanwise station at which the data were taken is O.7
of the semispan. Distributions for both linear and quadratic twist are
shown. These distributions are typical of other spanwise stations at
this Mach number. Linear-theory predictions of the lifting pressure are
shown for both twist variations.

For the wing with linear twist, the agreement with theory is good.
The level of agreement is comparable to that indicated by recent pressure
measurements made on a zero-thickness delta wing. (See ref. 5.) Since
a zero-thickness delta wing exactly satisfies the boundary conditions
of linear theory, the agreement with theory cbtained on such a wing
typifies the best that can be expected. To have similar agreement on
a wing with 5-percent thickness is surprising. The agreement for the
wing with quadratic twist is even better than that for the wing with
linear twist. The fine agreement shown here was reflected in the good
agreement observed in the integrated loadings for the wing with quadratic
twist.

PREDICTIONS AT ANGLE OF ATTACK

All the incremental loadings that have been shown thus far were
for zero root angle of attack. According to the linear theory, the
incremental loadings will not change with angle of attack, or, in other
words, the twist will produce the same change in loading whether or not
the wing is at an angle of attack. Of course, this simple prediction
is not borne ocut by the data. '

Transonic Speeds

Figure 8 shows the effect of angle of attack on the span loadings
at M = 0.90. In this figure, instead of incremental loadings, the total
span loadings are shown for the flat and linearly twisted wings. Data
for angles of attack of 4°, 8°, and 12° are shown. For the transonic
wings at angle of attack, incremental aerocelastic twists occurred which
amounted to about 10 percent of the 6° of built-in twist at 12° angle
of attack. Figure 8 shows that the shape of the incremental loadings
(the vertical difference between curves) changes markedly with angle of
attack while the strength of the incremental loading greatly diminishes.
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At o = ho, becth wings show the same sort of span loading, the wing with
linear twist carrying the lesser load. Between o = 4° and o = 8°,

the flow separates at the tip of the flat wing, and at a = 8° +the flow
is separated outboard of about 60 percent of the semispan. The twisted
wing at o = 80, however, has much the same type of span loading as at

@ = 4° and the flow appears unseparated. At o = 12° both wings are
separated outboard of about L4o-percent semispan. The incremental loading,
already small at o = 120, effectively vanishes at the higher angles of
attack. At the higher angles, then, there is no difference between the
flat and twisted wings. Similar results have been obtained on the wing
with quadratic twist. At Mach number 1.2 the results are consistent with
those to be shown for the supersonic wings, but values will not be
presented.

Supersonic Speeds

In figure 9, the percent of the theoretical loading which must be
used to obtain a good fairing through the data in the outboard regions
(beyond semispan), where most of the incremental 1ift is located, is
plotted against the root angle of attack. The most striking feature of
this plot is the rapid decrease of the effective linear twist with angle
of attack. There is no marked effect of the Mach number, although
the M = 2.0 data are for a supersonic leading edge and the M = 1.6
data are for a subsonic leading edge. As was mentioned previously, a
less accurate prediction of the incremental loading is acceptable at the
higher angles of attack. Even if 100 percent of the theoretical loading
for the linear twist were used to predict the loading at 12° angle of
attack, the 45-percent difference indicated by figure 9 would come to
an error of about 12 percent in predicting the total loading. A better
estimate of the incremental loading, such as the fractions of the theo-
retical loading indicated by the curves, could lead to a negligible error
in the total loading.

For the wing with quadratic twist, only the M = 1.6 data, or
subsonic-leading-edge data, are available. However, there is no reason
to expect that the Mach number effects will be any stronger than they
were for the linearly twisted wing. For the wing with quadratic twist,
figure 9 shows that the good prediction of the incremental loading at
zero angle of attack is coupled with a slow drop in effective twist as
the angle of attack increases. This contrast with the relatively poorer
prediction at zero angle of attack and more rapid drop with angle of
attack observed on the linearly twisted wing.

There is little change in the shape of the incremental loadings
from 12° angle of attack to about 20°, In the neighborhood of 200,
incremental loadings vanish on the outboard regions of the wing in a
manner similar to that observed at M = 0.90.
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CONCLUDING REMARKS
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At higher subsonic speeds the theoretical predictions at zero angle
of attack of incremental span loads due to twist were fairly good.
Because of separation effects, these predictions failed as the angle of
attack increased. At the highest angles, there was no difference in the
loadings of the flat and twisted wings. At low supersonic speeds, the
predictions at zero angle of attack were better although the validity
of the linear theory is becoming questionable. At the higher supersonic
speeds, the predictions at zero angle of attack were generally larger
than the actual loadings. The prediction was better for the wings with
lower average twist. At angles of attack up to 120, factors were applied
to the theoretical incremental loading which give good agreement with
the data. Through the Mach number range of 0.9 to 2.0 the incremental
loading steadily diminished with angle of attack.
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FLIGHT MEASUREMENTS AND CALCULATIONS OF WING LOADS AND
LOAD DISTRIBUTIONS AT SUBSONIC, TRANSONIC, AND
SUPERSONIC SPEEDS
By Frank S. Malvestuto, Thomas V. Cooney, and Earl R. Keener

NACA High-Speed Flight Station
STMMARY

Presented in this report is a summary of local and net angle-of-
attack wing-panel loads measured in flight on six airplanes. In addition,
a comparison of these loads measured in flight with calculations based on
simple theory is presented.

INTRODUCTION

At the High-Speed Flight Station of the National Advisory Committee
for Aeronautics, full-scale research in the fields of stability, perform-
ance, and loads is conducted with a variety of completely instrumented
research and military-type airplanes.

In the present paper, the aerodynamic loads aspect of this flight
research is considered. The presentation will involve a summary of local
and net angle-of-attack wing-panel loads measured in flight on a variety
of airplanes flown during the past 5 or 6 years. In addition, a prelim-
inary comparison of these loads messured in flight and the corresponding
loads calculated by simple theory is presented. The object of this com-
parison is to assess the ability of simple theoretical techniques to pre-
dict the flight-measured loads for a variety of configurations. Only a
cursory comparison of the flight measurements with comparable wind-tunnel
results has been made. In a general sense, the flight results verify the
tunnel findings. For the convenience of the reader, a bibliography has
been added.
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Figure 1 depicts with plan-view outlines the airplanes to be dis-
cussed in this report. The wing panels are darkened to emphasize the
fact that only the wing loads will be considered. An inspection of
the individual sketches and geometric data shows that there is a good
coverage of wing sweep, plan form, aspect ratio, and thickness. In
addition, the X-1E wing has 2° positive incidence and the D-558-II wing
has 3° of positive incidence. The free-stream Reynolds number for the
flights of these airplanes varied.from 1 X 106 to 6 x 106 per foot. The
altitude varied from 25,000 feet to 65,000 feet.
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SYMBOLS

aspect ratio

wing-panel span

flap span

chord

average chord

flap chord

section normal-force coefficient

net normal-force coefficient

slope of wing-panel normal-force coefficient

pressure coefficient

pressure coefficient differential between upper and lower surfaces

altitude
Mach number

free-stream Reynolds number

thickness

distance along x-axis
distance along y-axis
angle of attack

elevon deflection

leading-edge sweep
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THEORIES CONSIDERED

A few preliminary remarks regarding the theories used for the wing-
panel load calculations will be made. The wings are assumed to be rigid
flat plates and of negligible thickness. In addition, the effect of the
fuselage interference on the wing loads was approximated by assuming the
fuselage to act as a perfect reflection plane located at the wing-
fuselage juncture. On this basis, the wing load is predicted as the
load on one panel of a symmetrical wing with its root chord coincident
with the wing-fuselage Jjuncture. It is realized that this approximation
to the fuselage interference is subject to improvement; however, it is
felt to be sufficient for the present study. With these assumptions in
mind, the wing theories used for load predictions are given in the fol-
lowing table:

Theories used for calculation of wing loads -

Subsonic Transonic Supersonic
(0.5 < M < 0.85) (M = 1.0) (M= 1.2)
All wings: linear Swept wing: linear A1l wings: linear

lifting surface
(refs. 1 to k)

lifting surface
(refs. 5 and 6)

lifting surface
(refs. 9 to 16)

Unswept wing: two-
dimensional flat
plate; two-
dimensional double
wedge (refs. T
and 8)

In the subsonic range, for all wings, linear theory was applied.
(Ssee refs. 1 to 4.) These subsonic calculations were made up to a Mach
number of 0.85, although in the neighborhood of this Mach number, tran-
sonic mixed-flow conditions no doubt exist. In the transonic range, cal-
culations were made only for a free-stream Mach number of 1.0. In this
range, for the swept wings, the linear theory presented by Mangler (ref. 5)
which is in essence Jones' slender-wing theory (ref. 17) modified for
linearized sonic-flow conditions was applied. For the unswept wing, at a
Mach number of 1.0, use was made of the results of Guderley and Yoshihara
(ref. 8) for a double-wedge section and the results of Guderley (ref. 7T)
for a flat plate of negligible thickness. For the supersonic Mach number
range, the well-known lifting-surface theories were applied.
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LOADING DISTRIBUTION

In the discussion of flight resuits, the chordwise and spanwise
loadings for the unswept-wing X-1E airplane, the swept-wing D-558-I1 air-
Plane, and the delta-wing JF-102A airplane are considered and then a
force summary for all six airplanes is given.

Some idea of the flight Reynolds number, altitude, and angle-of-
attack excursions for these airplanes can be determined from figure 2. The
Reynolds number is given on a per-foot basis and for free~-stream con-
ditions. The open circular symbol represents the maximum Reynolds num-
ber obtained. It is noted that this flight Reynolds number varies from
approximately 1 X 106 to 4 x 106. The altitude covers a range from
approximately 25,000 to 65,000 feet. On the right-hand side of figure 2
the hatched boundary is indicative of the maximum angle-of-attack excur-
sions obtained in fliight. The discussion of the angle-of-attack wing
loads will be within the region shown by the dashed boundary.

In figures 3 to 6 are presented the chord loadings and span loadings
for the X-1E wing panel. The solid line represents the theory; the open
symbol, the flight data. The dashed line through the open circles repre-
sents 'faired" flight data. The sketches on the left-hand side of fig-
ure 4 indicate the panel normal-force coefficient Cy for the angles of

attack at which the chord and span loadings are shown. Consider first
the chord loadings_of figure 3, that is, the variation of ACP, the

lifting pressure, with x/c, the normalized distance from the leading

edge. These results are for a span station b?}z = 0.46. The symbol b'
denotes the external panel span. The chord loadings are shown for Mach
numbers of 0.8, 1.0, and 1.9. For each Mach number the chord loadings are
shown for two angles of attack, a low angle and a high angle. The magnitude
of the high angle of attack is limited by the availability of the data.
The angle of attack is always the angle of attack of the wing panel. At
M = 0.8, the calculated level and variation of the chord loading compares
favorably with the flight data. For a Mach number of 1.0, there is no
available finite-span unswept-wing theory. The theoretical variation
shown here is the flat-plate two-dimensional theory of Guderley. Although
the level of the lifting pressure is not predicted herein, the variation
is similar to the flight-measured variation for both angles of attack.

At supersonic speed and low angle of attack, the comparison of flight
and theory is acceptable. At the higher angle of attack, the loading dis-
tribution is not predicted by theory although the level of the local load

can be calculated. The midspan chord loadings and the chord loadings at

two additional spanwise stations, one near the root and one near the tip,
are shown in figures 5 and 6.
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If the span-load distributions (fig. 4) are considered, it is noted
that, at M= 0.8 and M = 1.9, the calculated span loading compares
favorably with the flight-measured loading. For M = 1.0, the span loading
was not calculated, since, as mentioned previously, the two-dimensional
results of Guderley were used; however, the flight data have been falred.
The shapes of the span-loading curves strongly resemble each other for the
three Mach numbers shown.

For the swept-wing D-558-I1 airplane the chordwise and span-load
distributions for the wing panel are shown in figures 7 to 10. The
solid line represents the calculations and the open circular symbol, the
flight measurements. The panel normal-force coefficients corresponding
to the angles of attack considered are indicsted in the sketches on the
left-hand side of figure 8. The chord loadings presented in figure 7
are for a spanwise station close to the midsemispan location. For the
subsonic and supersonic speeds, the theory allows the calculation of the.
level and variation of the chord loading except at the high angle of
attack for the supersonic Mach number. At M = 1.0, the measured distri-
bution of the 1lifting pressure ACp is not calculated by the linear

theory. Theory gives a zero loading behind the linearized sonic shock
that starts from the leading edge of the streamwise tip of the wing panel.
It is possible to obtain a nonzero loading by minor alterations of the
wing-tip geometry so that, for the portion of the wing behind the line-
arized shock, the local span increases with increasing longitudinal posi-
tion; and hence lift is produced. (See ref. 17.) A discussion of this
artifice is given in the report by Mangler (ref. 5) mentioned earlier.
The midspan chord loadings and the chord loadings near the root and tip
are shown in figures 9 and 10.

The span loading for the swept-wing D-558-II is presented in fig-
ure 8. At subsonic and supersonic speeds the calculated distribution
compares favorably with the flight measurements. For M = 1.0, the cal-
culated loading, especially at the high angle of attack (11°), does not
represent the experiment because of the inability of the theory to pre-
dict the level of the loads in the vicinity of the root and tip regions.
At an angle of attack of ll°, the Cy of the panel is approximately 0.8.
It is possible that separation effects at the root and tip are important
for this configuration. In addition, the simple end-plate correction
used herein for fuselage interferences may be approximate. In this
regard the application of an analysis such as that reported by Crigler
(ref. 6) for wing-body interference at sonic speeds would improve the
prediction of the loading in the vieinity of the root.

The flight-measured loads for the wing panel of the 60° delta-wing

JF-102A airplene are considered next. In figure 11 is shown an exploded
view of the wing. Note the two fences located in the forward portion of
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the wing and the elevon surface which is operative during flight. This
wing has conical camber and a reflexed tip. For the calculation of the
wing-panel loads, the effect of the fences and the effects of the conical
camber and the reflexed tip are neglected; however, the effect of the
elevon has been considered.

In figures 12 and 13 are shown the chord loading and the span loading
for this airplane. For the lower angle-of-attack range (angles of attack
from 3° to 5°) the calculations of the chord loadings compare favorably
with the measurements. Up-elevon deflection is negative. The fact that
the loading at the leading edge is not predicted is partly due to the
omission of camber effect in the calculations. Although the effect of
elevon at M = 1.0 was not calculated, an inspection of the low-angle-of-
attack results indicates that the elevon load calculations at low super-
sonic speeds such as those obtained at M = 1.2 are reasonable approxi-
mations to the elevon load at M = 1.0. At the high angles of attack the
remarks made for the low angles of attack for the sonic and supersonic Mach
numbers are still reasonably valid. For the subsonic Mach number, the angle
of attack is 20° and the calculations do not predict the flight measurement
primarily because of leading-edge separation. For the case of leading-edge
separation, calculations of the loading should be made within the framework
of the approximate separation flow theories such as reported by Brown and
Michael (ref. 18). The panel span loadings for the JF-102A are shown in
figure 13. The inability of the calculations to produce the flight trends
at M= 0.8 and o = 20° is clear from the remarks relating to the chord
loading at this Mach number and angle of attack. At M= 1.0, since the
elevon load was neglected, the calculations overestimate slightly the level
of the distribution. The effect of the fences on the span loading distri-
bution can clearly be seen at M= 1.0 and o = 10°.

In general, the overall impression from this preliminary comparison
is what would be expected from similar comparisons with wind-tunnel results.
Briefly, a reasonable approximation of the span loadings can be determined
for the low and moderate angle-of-attack range. The estimation of the chord
loadings is less satisfactory, particularly in the neighborhood of a Mach
number of 1.0.

NORMAL FORCES

In figure 14 is shown the variation of the panel normal-force coef-
ficient with panel angle of attack. Note in this illustration that the
open circular symbol represents the flight measurements for Mach numbers
of 0.8 and 1.0. The solid symbol represents the flight measurements for
supersonic Mach numbers. The calculations are again represented by the
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solid lines. TFor the unswept wing at a Mach number of 1, the calculated
variation is simply the result of Guderley and Yoshihara (ref. 8) for a
two-dimensional wing with a L-percent-thick double-wedge section. The
theory here does not predict the magnitudes or the variation for the
range of angle of attack where flight measurements are available. Tunnel
results, however, for a similar wing indicate that the Cy variation
with o is not linear and in the lower angle-of-attack range (below 4°
angle of attack), theory more nearly agrees with the experimental
variation.

In figure 15 an attempt has been made to show the effect of Mach
number on the normal-force derivative CNd for all six airplanes that

were sketched in figure 1. The theory is again represented by the solid
line and, in addition, the inverted "V" symbol has been used to indicate
the magnitude of Cy, at M= 1.0. The flight data are represented by a

square symbol. The solid symbol represents a low Cy range; the open
symbol, a moderate Cy range; and the half-solid, a high Cy range. In

most cases, flight data were available for only one of these ranges.
For the X-1E at sonic speed, the difference in the calculated and flight
values results from lack of flight data in the low CN range as pointed

out in the discussion of figure 1k4.

In general the calculated normal-force-curve slopes compare favor-
ably with those obtained from the flight data.

CONCLUDING REMARKS

In general, the overall impression from this preliminary comparison
is what would be expected from similar comparisons with wind-tunnel results.
Briefly, a reasonable approximation of the span loadings can be determined
for the low and moderate angle-of-attack range. The estimation of the
chord loadings is less satisfactory, particularly in the neighborhood of
a Mach number of 1.0. In general, the calculated normal-force curve slopes
compare favorably with those obtained from the flight data.
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ATR IOAD DISTRIBUTIONS ON A FLAPPED WING RESULTING FROM
LEADING-EDGE AND TRAILING-EDGE BLOWING
By H. Clyde McLemore

Langley Aeronautical Laboratory
SMMARY

Results of recent wind-tunnel pressure-distribution tests on a
large-scale boundary-layer-control model with a 49° sweptback wing have
indicated that blowing air at low blowing rates over highly deflected
trailing-edge flaps does not produce any unusual flap-load or wing-load

roblems at low speed. Blowing at very high momentum rates, however,
produces large increases in flap loads and extremely high local negative
pressures over the flap leading edge.

INTRODUCTION

The current and proposed fighter airplanes having thin highly loaded
wings of low aspect ratio place imposing demands on suitable high-lift
devices for acceptable low-speed performance., Conventional leading-edge-
and trailing-edge-flap cambinations have proved in wind-tunnel and flight
tests (refs, 1 to 3) to be inadequate in this respect in many cases.
Serious consideration has been given to methods for achieving additional
1lift augmentation by boundary-layer control or even to concepts of uti-
lizing a large portion of the powerplant thrust for developing additional
1lift at low flight speeds., -

The boundary-layer-control method, which utilizes only sufficient
blowing energy to prevent flow separation, can be expected to achieve,
as a maximum, the ideal fluid loading of a given wing configuration with
flaps. The concept of utilizing a large amount of engine thrust for
1lift augmentation, however, introduces the design concepts for short
take-off and landing and vertical take-off and landing.

This paper presents an initlal wind-tunnel pressure-distribution
exploration of 1ift augmentation by blowing and primarily covers a
boundary-layer-control system for a fighter-type airplane. Same of the
problems associated with heavily loaded flaps, however, are discussed
with a view toward determining the effects of very high momentum blowing
rates on the flap loads.

McLEMORE



The model used in this investigation was a large-scale wing-body-
tail configuration. The wing was swept back 49° at the leading edge and
had an aspect ratio of 3.5, a taper ratio of 0.3, and NACA 654006 airfoil
sections streamwise,

Chordwise pressure distributions were obtained at spanwise stations
of 0.31b/2, 0.56b/2, 0.76b/2, and 0.90b/2; however, only the data obtained
at the O.56b/2 station are presented herein. Tests of this investigation.
were conducted at a Reynolds number of 5.2 X 106 which corresponds to a
Mach number of 0.08.

SYMBOLS
Cy, 1lift coefficient
c wing chord
cf flap chord
cn,f flap section normal-force coefficient
Cu’f flap blowing momentum coefficient, ij/gqu
ch,f flap chordwise center of pressure, percent flap chord
Cp section pressure coefficient
X distance along wing chord, measured from leading edge
W weight flow of Slét ejected air, lb/sec
Vj velocity of slot ejected air
g acceleration due to gravity
qm free-stream dynamic pressure
A aspect ratio
b wing span
N taper ratio

wn

wing area.

B.L.C. boundary-layer control



‘e® 4 . e . ®
Tae e o o ¢ ° e ! -

Subscript:

MAX maximum
DISCUSSION

The geometric characteristics of the large-scale pressure-distribution
model and a general description of the wing configurations to be discussed
are presented in figure 1. The 24-percent-chord flap extends over 50 per-
cent of the semispan. The leading-edge flow-control devices were a
15-percent-chord slat and a l7-percent-chord droop. The drooped-nose
configuration incorporated a blowing slot at the "knee" of the droop,
formed by the transition curvature between the drooped nose and the wing
upper surface, ‘

The three wing configurations of figure 1 were selected because they
represent three relatively good landing configurations from the viewpoint
of having the largest possible values of 1lift coefficient commensurate
with acceptable longitudinal stability characteristics up to the stall.
For configuration I, a 60-percent-span slat was the largest spanwise
extent that would produce longitudinal stability at maximum 1ift. With
flap blowing applied, a full-span leading-edge device is required to
maintain the 1ift effectiveness to high angles of attack; therefore,
configuration IT incorporated a full-span slat. Configuration IIT is
an alternate method of maintaining the 1lift effectiveness to high angles
of attack.

For the nonblowing configuration (configuration I) the trailing-edge
flap was deflected 40°, With flap blowing applied, however, the flap was
deflected 60°. The leading-edge slat and the leading-edge droop were
deflected 33° and 45°, respectively, measured normal to the wing leading
edge.

The chordwise pressure distributions at station 2 (0.56b/2) for
configurations I and IT at a constant value of 1ift coefficient of 1.27
are shown in figure 2. The flap blowing rate used for configuration II
was only sufficient to prevent flow separation over the flap through the
1ift range., The blowing flap of configuration II experienced a signifi-
cant increase in load as campared with the nonblowing case, and the
blowing also induced some additional load over the rear portion of the
wing chord. It should be noted that the most significant loading phenom-
encn is the large local surface load over the flap, especially in the
region of the flap leading edge.

The load on configuration I is concentrated near the wing leading
edge in a normal mamner. With flap blowing applied, however, the center
of load is seen to be concentrated more towgid the rear portion of the
wing chord. { (




The chordwise pressure distribution of configuration II of figure 2
is compared in figure % with the chordwise pressure distribution of con-
figuration III at the same 1ift coefficient of 1.27. Configuration III
has drooped-nose-knee and trailing-edge-flap blowing in an amount only
sufficient to control flow separation through the 1ift range. Mainly
because of the absence of a flow-control device located ahead of the
wing leading edge, configuration IIT has the center of load concentrated
still ferther rearward.

Although one effect of flap blowing is to move the wing chordwise
center of pressure rearward, which would require somewhat larger tail
balancing loads, experiments have shown that a tail of normal tail-volume
coefficient suitably located with respect to the wing downwash field and
operating within its low-speed 1ift capabilities could supply these addi-
tional balancing loads.,

The spanwise center-of-pressure characteristics of configurations I,
IT, and IIT are not presented in this paper. It has been determined,
however, that the maximum spanwise center-of-pressure movement caused by
flap blowing was a maximum outboard movement at Cp = 1.27 of about

5 percent of the semispan. This outboard movement was no greater than
that experienced by the nonblowing configuration at 1ift coefficients

of the order of 0.8, Flap blowing, therefore, should not introduce addi-
tional low-speed wing-root bending moments.

Probably the most significant informstion is presented in figures k4
to 6. The chardwise pressure distribution (station 2) of configuration IIT
at an angle of attack of 12.5° for a wide range of flap blowing rates is
shown in figure 4. The blowing momentum coefficient C“,f of 0.031 is

representative of the boundary-layer-controi case; whereas, the value of
Cu,f of 0.187 represents mass-flow rates of the order of 40 to 50 pounds

of air per second., If the loading over the flap is observed, it is noted
that the flap loads and their contribution to the moment on the rear. spar
are & function of the blowing momentum. For the boundary-layer-control
case (Cu,f = 0.051) the conventional methods of potential-flow calcula-

tions are applicable for calculating the section loading characteristics
(ref. 4). The other cases shown in figure 4 (the higher blowing rates)
have not been examined extensively from the viewpoint of calculating the
section loads. The form of these pressure distributions (their smoothness
and uniform buildup with increasing blowing rate) suggests, however, that
a method can be determined to calculate the section loadings at these high
blowing rates.

It should be noted that not only does the load build up over the rear
portion of the flap and over the main wing but also an appreciable load
buildup occurs over the flap leading edge. The maximum negative pressure

LN
i



coefficients over the flap leading edge were too large for the higher
blowing rates to plot in figure 4; however, the maximum values are listed.
For the curve of Cu,f = 0.187, the peak negative pressure coefficient

over the flap leading edge was -26.48,

In order to show the overall perspective of the wing and flap loads
for a high flep blowing rate, the curve for Cu’f = 0.187 of figure k4

is shown plotted to a greatly campressed scale in figure 5. The load
over the flap is seen to be a large portion of the total load, and the
peak negative pressures existing over the flap leading edge are extremely
high as compared with the peak pressures existing at the wing leading
edge.

In order to obtain a more general, and perhaps more informative,
outlook on the significance of these large indicated flap loads with
increasing blowing rate, the flap section normal-force coefficients
together with the flap centers of pressure for configuration IIT for a
wide range of flap blowing rates are shown as functions of 1lift coeffi-
cient in figure 6.

The flap section normal-force coefficients are seen to increase
greatly with increased blowing rate but, as in the case of a normal
unseparated flap, increasing lift coefficient has no significant effect
on the flap normal-force coefficients. It should be noted here that the
large values of cn,f are assoclated with the large flap blowing rates

Cu,f which are, in turn, inversely proportional to the square of the

flight speed, if the momentum of the blowing jet is assumed constant.
At relatively high flight speeds the momentum coefficients are small.
These high values of Cn,f at the high Cu,f rates are, therefore,

necessarily restricted to low to moderate flight speeds in the latter
phase of the landing approach and flare,

The flap center of pressure is seen to move toward the flap leading
edge with increasing blowing rate because of the high loading over the
flap leading edge, and this movement produces some compensating relief
of the flap moments. Increasing 1ift coefficient also has no significant
effect on the location of the flap center of pressure.

CONCLUDING REMARKS

The results of wind-tunnel pressure-distribution tests of a large-
scale boundary-layer-control model with a 499 sweptback wing indicate
that, for the relatively small amount of blowing necessary to prevent
flow separation over the flap, no unusual flap-load or wing-load problems
are anticipated. When a considerable amount of additional blowing energy
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is used, however, large increases in flap loads can be expected; partic-
ularly, the loads are extremely high near the flap leading edge and may
be the critical design flap load in the landing maneuver.
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CAICULATION OF EXTERNAL-STORE LOADS AND CORRELATION

WITH EXPERIMENT

By Percy J. Bobbitt, Harry W. Carlson,
and Albin O. Pearson

Langley Aeronautical Laboratory
SIMMARY

A theory for evaluating the mutual interference between a wing and
tip tank has been extended to apply to store-pylon configurations. By
use of this analysis and the flow~field formulas of NACA Research
Memorandum L55L30b and NACA Technical Note 3938, theoretical store-pylon
side-force estimates have been made for a number of store-pylon configura-
tions. Considered in this paper are the separate effects of spanwise
store position, chordwise store position, angle of sideslip, store fins,
store-store interference, and fuselage indentation. The experimental
data and theory indicate that the pylon and pylon-induced side forces
are the largest contributors to the total store-pylon side force. A
short bibliography of recent NACA publications dealing with store and
missile loads is included.

INTRODUCTION

In reference 1, the results were presented of a study made to deter-
mine the ability of linearized theory to predict the side force acting
on wing stores at supersonic speeds. Though the theoretical and experi-
mental correlations of this study were made for only a limited number of
configurations and one Mach number, indications were that linear theory
might be capable of doing a satisfactory job. It was apparent alsoc from
this study that additional calculations and correlations were needed to
refine the theoretical approach and at the same time further define its
limitations or capabilities.

The purpose of the present paper is to present the results of some
recent calculations and correlations made to partially fulfill this need
and at the same time indicate the type of data now being obtained at the
National Advisory Committee of Aeronautics which are pertinent to the
store-loads problem. Of particular interest are the data presented
herein on pylon loads and pylon-induced store loads.

A short bibliography of recent NACA publications dealing with store
and missile loads 1s included.
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SYMBOLS

Free-stream velocity

M Mach mumber, Velocity of sound in free stream
a angle of attack

b wing span

Sg maximum store cross-sectional area

q free-stream dynamic pressure

AP aspect ratio of pylon

bp span of pylon

Sp pylon area

G: _ Side force on pylon
Yﬁ)p

aSpB

Side force on store
(Op)e = ideforgeson store

aS5pB

Side force on store
aSg

Side force of store and pylon
aSg

CY’ sp =

DISCUSSION

In order to gain some insight into the mutual interference effects
between a store and pylon and thus into the division of loads, both a
theoretical analysis and experimental program have been carried out.

In this section, a short description of the theoretical analysis Jjust
referred to is presented followed by a discussion of the ability of this
theory, when used in conjunction with the flow-field formulas of refer-
ences 1 and 2, to predict a number of experimentally measured effects.
Several points of interest discussed at the end of this section is illus-
trated by data obtained for stores situated below the wing but not con-
nected with a pylon. Through the use of theory, an estimation of what
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the order of magnitude of these data would be if the store were connected
with a pylon is made.

Theory For Store-Pylon Side Force

The complex, three-dimensional, nonplanar problem of determining
rigorously the side load on a store and pylon attached to a finite wing
is one of insurmountable difficulty. Obviously, some simplifying assump-
tions must be made and some rigor sacrificed if the problem is to be
treated by analytical means. One of the most profitable simplifications
which can be affected when evaluating the interference effects between
the store, pylon, and wing is the replacement of the wing by an infinite
reflection plane., Inherent in this simplification is that the magnitude
of the lateral-flow velocity beneath the wing be determined separately
and by other methods. (See refs. 1 and 2.)

The problem of determining the loads on a pylon-store reflection-
plane configuration subjected to a uniform lateral flow can be analyzed
in the same manner as a wing tip-tank configuration at an angle of attack
since the insertion of an infinite plane, perpendicular to the wing and
in the plane of symmetry, does not alter the flow pattern. When the config-
uration of wing, tip tank, and vertical reflection plane is 'rotated through
0°, the wing semispan becomes the pylon, the vertical reflection plane
becomes the wing, and the tip-tank becomes the store. Also, the uniform
vertical velocity to which the wing and tip-tank are subjected and which
is equivalent to Va becomes the lateral-flow velocity and is given the
value -VB. The wing tip-tank problem has been treated in reference 3;
however, the ratios of tank diameter to wing semispan of the configura-
tions for which numerical results were obtained were not high enough to
be of use in evaluating pylon or store loads. Consequently the analytical
procedure given in reference 3 has been utilized to extend the numerical
results from values of D/bp up to 0.3 to values of D/bp up to 1.6.

Shown in figure 1 are the variations of the pylon and pylon-induced
store forces in coefficient form with the ratio of the store diameter
to pylon span. The nondimensionalizing area for these coefficients is
the pylon area. Note that when the store diameter is 1.6 times the pylon
span, the pylon-induced side force on the store and the side force on the
pylon are almost equal. It is conceivable that in this situation the
pylon could contribute on the order of 20 to 25 percent to the total root-
bending moment.

Scope of Test Configurations

The curves given in figure 1 and the flow-field formulas of refer-
ences 1 and 2 have been utilized to make side-force calculations for a
number of configurations recently tested at the Langley Aeronautical
Laboratory. Before making comparisons of the calculated and experimental



results, it would seem appropriate to present a few details of the tests
and test configurations.

Some idea of the scope of tests can be obtained from the two wing-
body models and associated store and store-pylon configurations shown in
figure 2. The wing-body and store-pylon configurations on the left of
figure 2 were tested at a Mach number of 1.6 in the Langley 4- by 4-foot
supersonic pressure tunnel; those on the right, at Mach numbers from
0.8 to 1.13 in the Langley 8-foot transonic pressure tunnel., In the
4 _foot-tunnel tests, store and store-pylon loads have been obtained for
a variety of store-pylon configurations and s number of spanwise and
chordwise locations as indicated by the circles showing store midpoint
locations. Five-component store forces and maments were measured in
this investigation with the store in presence of the pylon, three campo-
nents were measured for the store-pylon combination and the full six com~-
ponents for the wing body. The models were tested through an angle-of-
attack range extending from -2° to 12° and an angle-of-sideslip range
from -12°0 to 120,

The wing-fuselage model and the two store shapes pictured on the
right of figure 2 represent two separate investigations conducted in the
Langley 8-foot transonic pressure tunnel. For the store without a pylon
systematic .investigations have been conducted using both the basic and
contoured fuselages shown. The circles on the wing body at the right
indicate the positions at which store forces and moments were obtained.

In addition to being tested singly, several of the stores were tested in
combination, that is, two stores on a panel. Forces and maments for the
finned store were measured only on the contoured fuselage airplane con-
figuration at two positions. These positions are indicated by the squares.
In each of the investigations, five-component store forces and moments and
three-component wing-fuselage forces and moments were obtained through an
angle-of -attack range extending fram -2° to 8°.

There is, evidently, a large amount of recent experimental data which
can be utilized to test the worth of the theoretical methods. In subse~
quent figures showing experimental results and calculations for a variety
of effects only a representative cross section of this data will be
utilized. :

CONTRIBUTION OF STORE AND PYION TO COMBINED LOAD

Given in figure 3 are the separate contributions of the store and
pylon to the cambined store-pylon side-force coefficient at a Mach number
of 1.6. The angle of sideslip is zero as it is for all other figures
unless otherwise noted. Data and curves shown are for a sweptforward
pylon and store combination located at the 0.55-wing-semispan station.
The vertical scale of figure 35, which is labeled side-force coefficient,
is simply the particular side force being considered nondimensionalized
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by 4 and the maximum cross-sectional area of the store. Negative side-
force coefficient indicates that the side force acting on the store or
store-pylon located below the left-hand half-wing is directed toward the
wing tip.

In the calculation of the total store-pylon load, the loads on the
store and pylon are determined separately and added. The load acting
on the store is itself further broken down into two separate camponents.
One is the load on the store determined as if the pylon were not present
and the other is the load induced on the store by the pylon. It should
be noted that the latter of these two loads is determined by the use of
figure 1. Fortunately for the stores used in the investigation in the
Langley 4~ by L-foot supersonic pressure tunnel, experimental data is
available for each of the store-load components in addition to the total
store-pylon load. Consider first the side force acting on the store when
no pylon is present. It is evident that for this condition the rate of
change of the side force with angle of attack is underestimated by the
theory. This is not surprising since a calculation of the lift-curve
slope for the store alone in a uniform flow field underestimates experi-
ment by about 50 percent. The use of static experimental force data for
the isolated store to form a correction factor for the theoretical compu-
tations would lead to a more accurate estimate of this camponent if
desired.

The total side force acting on the store when the pylon is added
(see fig. 3), agrees rather well with the calculated curve. Evidently
this agreement is fortuitous since the increment in the store side force
caused by the insertion of the pylon is overpredicted; that is, the dif-
ference between the squares and circles is overpredicted. Perhaps the
fact that the theoretical curves used to estimate this increment were
meant primarily for an unswept pylon and also that the theoretical side-
wash acted only over the rear portion of the pylon are partly responsible
for the overprediction.

The total force acting on the store and pylon combination as deter-
mined by experiment and given by the diemonds agrees satisfactorily with
theory which is the solid line. Contributing to this agreement is the
overprediction of the slope and the underprediction of the zero angle of
attack or thickness effects. It 1s interesting to note that the pylon,
carrying about the same amount of side load as the store, contributes
about 25 percent of the total root-bending moment.

Before leaving figure 3, it is of interest to translate the cambined
store-pylon side-force coefficient into terms of a load in pounds for a
practical situation. For example, if an airplane of this configuration
having a 40-foot wing span and operating at 40,000 feet and a Mach number
of 1.6 were to experience the largest store-pylon force indicated, it
would amount to 6,600 pounds.

S 85



[ &3
[}

LR}

(X ]
*
L ]
-
L ]

(X}

* *e.
Y aar

EFFECT OF STORE SPANWISE LOCATION ON THE STORE-PYION

SIDE-FORCE COEFFICIENT

There are other limitations and inadequacies of the theoretical
methods used which have not yet been mentioned that will be pointed out
at the appropriate places subsequently. An excellent opportunity to
illustrate one of these shortcomings is afforded by figure k.

Figure 4 shows the effect of store spanwise location on the angle-
of -attack variation of the store-pylon side-force coefficient. The
relative position of the store-pylon configuration with respect to the
wing leading edge remains the same for all three spanwise locations as
indicated by the sketches. Looking first at the experimental points,
it can be seen that as you go from the inboard to the outboard position
there is an increase in the slope. Theoretical predictions using the
supersonic leading-edge sidewash calculated for the free~stream Mach num-
ber of 1.6 (the solid-line curves) also show an increase in slope as the
store moves outboard, but the rate at which the slope increases is
overpredicted.

Schlieren photographs taken of these models, one of which is shown
in figure 5, revealed that the wing leading edge, instead of being slightly
supersonic as predicted by the theory, was actually subsonic. In an
attempt to obtain better agreement between the theoretical and experi-
mental slopes, the wing angle-of-attack flow field was recalculated for
the Mach number giving the same location of the Mach cone emanating from
the wing root as indicated in the schlieren photograph. Use of this flow
field in determining the store-pylon side forces resulted in the dashed-
line curves. For the inboard location, calculations using the subsonic
edge flow field did not yield a noticeable change; whereas, for the mid-
span and tip locations, better agreement resulted. The agreement in
magnitudes might be further improved if the side forces induced by the
wing-thickness flow field were also reevaluated. Because of the time
required, only a very rough estimation of the wing thickness effect was
made. This is true of most of the curves shown in subsequent figures.

EFFECT OF PYLON SWEEP AND STORE CHORDWISE LOCATION

Having examined the effect of spanwise location on a particular store-
pylon configuration, the next logical effect to discuss is that of store
chordwise location and accompanying pylon sweep. The spanwise position
for which data will be presented is at the 0.55-wing-semispan station.

The store-pylon configurations at the different chordwise locations are
shown by the sketches in figure 6. Actually since the pylon carries or
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induces the major portion of the total load, this figure might be more
properly titled the effect of pylon sweep and location. The experimental
data and theoretical curve for the most forward position are repeated
fraom the previous figures. When the store is moved to the rear from the
most forward position and the pylon becomes unswept, there is an increase
in the slope and a slight decrease in the thickness effects. In this
position, the pylon is almost completely immersed in the wing flow field
and feels the maximum effect of the high flow angularities in the region
just to the rear of the wing leading edge. The agreement between theory
and experiment for this position is good. For the store in the rear
position, a considerable change in the side-force coefficient angle-of-
attack variation from those of the more forward positions is noted.

This can be attributed to the fact that the sweptback pylon is situated
in a region of much lower wing angle-of-attack sidewash and also that it
is subjected to the inflow in the region of the trailing edge due to wing
thickness. The theoretical slope, though somewhat less than it was for
the other two locations, still overpredicts the experimental slope. The
change in thickness effects, estimated, as mentioned before, in a rather
rough manner, were also overpredicted. Generally speaking, the agreement
for the three positions is satisfactory.

Effect of Sideslip on the Store-Pylon Side-Force Coefficient

Another factor which has a major influence on the magnitude of the
side force a store-pylon will be required to carry is the angle of side-
slip. Plotted in figure 7T is the variation of the store-pylon side-force
coefficient with angle of sideslip for the sweptforward pylon and store
combination located at the 0.55-semispan station. The angle of attack
chosen to illustrate this effect is 8°. Note the large magnitude of the
side-force coefficients at the highest angles of sideslip and also the
steepness of the slope. A comparison of experimental curves ir?*cates
that more side force results from 1° of sideslip than from 1° of angle
of attack but perhaps not as much more as might be expected. The theory
used to obtain the solid-line curve assumes that the store and pylon are
side slipped in the presence of an infinite flat plate hence the effect
of the changing leading-edge sweep relative to the free-stream direction
and the effect of the fuselage are neglected. It is evident that the
simplified theory overpredicts the incremental load due to sideslip by
about 50 percent. A rough calculation taking into account the changing
leading-edge sweep yielded considerably better agreement. It should be
pointed out here that the rate of change of the side-force coefficient
with angle of sideslip varied little from one position to another in this
investigation.
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Effect of Fins on Store Side-Force Coefficient

There are meny stores in use today which employ fins. An indication
of how important the fin loads are relative to the pylon and pylon-induced
store loads may be obtained from figure 8. In this figure is plotted the
variation of the store side-force coefficient with angle of attack. The
vertical scale has been reduced by a factor of one-half from the previous
figures so that the changes caused by the addition of the fins can be more
easily seen. The store pylon and wing body on the left are the same as
that used for a number of the previous figures and, it may be remembered,
was tested in the Langley 4- by L-foot supersonic pressure tunnel at a
Mach number of 1.6. The configuration on the right is completely different
in all respects and was tested in the Langley 8-foot transonic pressure
tunnel at a variety of Mach numbers in addition to the Mach number for
which data is given in this figure. For the store on the left, the addi-
tion of fins causes an increase in the slope and only negligible displace-~
ment in the zero angle-of-attack value. Theory adequately predicts the
slope change but overestimates the displacement. For the store on the
right, the addition of the fins causes a displacement in the curves though
little change in slope. Theory for the fins-off situation accurately
predicts the magnitude and rate of change with angle of attack of the
store side-force coefficient. For the fins-on situation only the increment
at zero angle of attack is predicted. This estimate is indicated by the
tick mark. Because the fin closest to the wing is affected by the wing
vortex wake, no attempt has been made to calculate the angle-of-attack
variation with the fins on. For the store on the left, the effect of the
fins is small when compared to the total side~force acting on the store
and pylon. For the store on the right where the store-pylon side forces
are much smaller, the effect of the fins assumes a more important role.

Interference Effects Between Inboard and Outboard Stores

Another source of store side forces is the flow field created by
another store, particularly when this other store is located on the same
half-wing as in a four-store or four-nacelle configuration. To give some
idea of the magnitude of these effects and to indicate whether the store
flow fields can be accurately predicted, figure 9 has been prepared. Shown
on the left of figure 9 is the effect of the outboard store on the side
force acting on the inboard store and on the right, the effect of the
inboard store on the outboard-store side force. These stores were not
connected to the wing with a pylon. The dashed lines and the circles are
the theory and experiment for the side force on the store alone and the
so0lid line and the squares for the side force on the store in the presence
of the other store.

The points to be made relative to the inboard-store curves on the
left are the large effect of the outboard store on the inboard and the
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accurscy with which this effect is predicted. The displacement of the
two curves is primarily due to the radial flow away from the outboard
store caused by the outboard-store thickness and is, therefore, almost
independent of angle of attack. If the inboard store were connected to
the wing by a pylon, the increment in store side-force coefficient
instead of being of the order of 0.08 might be as large as 0.6 or 0.7
depending on the geumetric characteristics of the pylon. An effect of
this magnitude would most certainly have to be accounted for to obtain
reliable values of the store-pylon side force. The calculated curves
shown are based on linear theory corrected by use of experimental force
data for the isolated store. An examination of the right-hand plot shows
that the change in the slope of the side-force-coefficient curve for the
outboard store when the inboard store is added is fairly well predicted
by theory. The magnitude agreement between theory and experiment for the
outboard-store side-force coefficients is evidently not so good as for
the inboard store. The reason for this is thought to be a local Mach
number loss similar to that illustrated by the schlieren photograph of
figure 5. In terms of store-store interference, this means that one
store will affect the other further forward than it would if the local
Mach numbers were the same as the free-stream Mach numbers. Experimental
data is avallable which indicates the effect on the store~store interfer-
ence of these Mach numbers losses. Some of these data are presented in
figure 10.

Shown in this figure are the side forces and yawing moments on an
inboard store, alone and in the presence of the outboard store, for Mach
numbers of 1.43, 1.2, and 0.8. The stores for the test results pictured
were located at the 0.28- and 0.70-wing-semispan stations. The dashed lines
are for the inboard store alone and the solid lines are for the inboard in
the presence of the outboard store. At a Mach number of 1.43, note that the
outboard store has a negligible effect on the inboard store, whereas at
a Mach number of 1.2 there is a large effect. If the local Mach number
were supersonic, it would be impossible for the outboard store to effect
the inboard store at a Mach number of 1.2. The fact that the induced
moment on the inboard store at zero angle of attack is positive, or nose
in, and the fact that the angle-of-attack variations at this Mach number
are almost identical to those at subsonic speeds, typified by the
M = 0.8 curves, indicates that the local flow is actually subsonic.

Effect of Fuselage Contouring

It is well known that contoured fuselages are in use on many of
todays production and design stage airplanes. While effecting a change
in the pressure field to yleld a lower drag than the basic fuselage
configuration, these indented fuselages also have an appreciable effect
on the lateral flow field and hence on the loads induced on stores
attached to the wing. An indication of the difference between the loads
on a store located beneath wing-fuselage models with and without a fuse-
lage indentation can be obtained from figure 1l. The Mach number of
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experimental results plotted in this figure is 1.2, Data for two span-
wise store positions, 0.28- and 0.5-wing-semispan stations, is depicted.
Judging from the difference between the curves for the basic and indented
fuselages the effect of fuselage indentation is to cause an increase in
the outward flow in the vicinity of the leading edge, giving rise to a
negative increment in the side force and negative and positive increments
to the yawing moments for the inboard and outboard stores, respectively.
If the stores were connected to the wing with a pylon the largest incre-
ment showi instead of being approximately 0.05 would be of the order of
0.5 or 0.4,

The effect of fuselage indentation on the surface pressures and flow
fields of configurations at an angle of attack has not yet been analyzed
theoretically. At zero angle of attack the area-rule papers of Lomax
and Heaslet (ref. 4) and Nielsen and Pitts (ref. 5) permit an evaluation
of these effects though the procedure is rather involved.

CONCLUDING REMARKS

It can be said that theoretical methods are capable of predicting
satisfactorily a variety of effects. More detall in the calculations
of some of these effects than used in the present paper seems desirable.
The experimental data and theory indicate that the pylon and pylon-~
induced side forces are the largest contributors to the total store-
pylon side force. The separate effects of spanwise store position,
chordwise store position, angle of sideslip, store fins, store-store
interference, and fuselage indentation all play a part in determining
the store-pylon side loads.
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STEADY LOADS DUE TO JET INTERFERENCE ON WINGS, TATILS,
AND FUSELAGES AT TRANSONIC SPEEDS
By John M. Swihart and Normen L. Crabill
Langley Aeronautical Laboratory
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SUMMARY
This -paper gives the results of some recent investigations of jet-
interference effects on actual airplane configurations at transonic speeds.
Data presented herein were obtained with hot jets on both wind-tunnel and
flight models. Results indicate that jet-induced effects are small at
subsonic speeds; however, at low supersonic Mach numbers, these effects
are comparable to those obtained at substantially higher Mach numbers.

INTRODUCTION

In recent years there have been several investigations of turbojet-
exhaust interference effects at supersonic speeds (refs. 1 and 2); however,
only a limited amount of data has been obtained at transonic speeds. It
is the purpose of this paper to show the results of some recent investi-
gations of the jet interference on actual airplane configurations at
transonic speeds. This discussion will be limited to steady loads induced
by simulated jets on nearby wings, tails, and overhanging fuselages. Data
presented in this paper cover the Mach number range of 0.85 to 1.20 and
were obtained with hot jets at total pressure ratios corresponding to
current turbojet-engine pressure ratios.

SYMBOLS
b span
c local chord
T mean aerodynamic chord
Cp section normal-force coefficient
CN normal-force coefficient
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2 S
ACy incremental normal-force coefficient, CN,jet on " CN,jet off
Cp pressure coefficient, Elggg%?:;fﬂ
ACP incremental pressure coefficient, Cp,jet on - Cp,jet off
dj primary jet diameter
P pressure
a dynamic pressure
y spanwise distance
Z distance below wing chord plane
Subscripts:
AV average
J Jet
R resultant, Lower surface - Upper surface
t total
T tail
) free stream
APPARATUS

The models used in these investigations are shown in figure 1. The
sting-mounted 60° delta-wing model was tested in the Langley 16-foot
transonic tunnel with one jet nacelle located at 41 and 69 percent of the
semlspan on one wing panel only. At the inboard station, the jet exit
was located at 38 and 69 percent of the local chord and at 1, 2, and
4 jet diameters below the wing. At the outboard location, the nacelle
was tested only at 4 jet diameters below the wing, and the exit was at
63 percent of the local chord. Simulation of the exhaust of a non-
afterburning turbojet engine was achieved through the use of a hydrogen
peroxide gas generator exhausting through a sonic exit. The jet total
pressure ratio was varied from 1 (power off) to about 7 with a Jjet
stagnation temperature of about 1,400° F at each test Mach number. At
six spanwise stations, pressures were measured at static orifices located
at about every 5 percent of the chord on the upper and lower surfaces.




The twin-engine model with part of the fuselage overhanging the jet
exhaust was also a l6-foot-transonic-tunnel model and was supported at
the wing tips by a bifurcate sting-support system. Two hydrogen peroxide
turbojet simulators were mounted in arm-pit nacelles; their exhausts were
partially separated by a short keel. Static pressures were measured along
this keel and the shoulder of the overhanging fuselage. The horizontal
tail was mounted in both a high position (on the vertical tail) and a
relatively low position (on the boom). Pressure distributions were
obtained on both tails directly above the jet center line extended.

The single-engine model with the fuselage overhang was flight tested
with the horizontal tail located ahead of the jet exit and at two posi-
tions downstream of the jet exit. An afterburning turbojet engine was
simulated by using a solid-propellant rocket motor exhausting through a
sonic exit at a total pressure ratio of 6.0 and a stagnation temperature
of 3,200° F. Pressures were measured on the top and bottom of the fuse-
lage overhang and at two spanwise stations on the tails at a Mach number
of 1l.2.

An investigation was conducted in the langley 16-foot transonic
tunnel of a target-type thrust reverser mounted onh a single-engine fighter
model to evaluate the thrust reverser as a speed brake. The design of
the reverser was taken from reference 3, and the jet exhaust was simulated
by a hydrogen peroxide simulator operating at a Jjet total pressure ratio
of 5. During the course of this investigation, static pressures were
measured around half of the fuselage at 6 meridians and for about 3 jet
diameters ahead of the base. Flow visualization was achieved by tufts
on the other half of the fuselage.

Data are presented for the wind-tunnel models from M = 0.85 to 1.05;
data are presented for the flight model at M = 1.20.

RESULTS AND DISCUSSION

Effects of Isolated Jets

Before discussing the results of these tests, a review will be given
of the phenomena pertinent to the exhaust of an isolated overpressure
sonic jet into subsonic and supersonic external streams. At current jet
total pressure ratios, the jet bulges outward immediately downstream of
the jet exit at both Mach numbers (fig. 2). At subsonic speeds, since
the internal structure of shocks and expansions cannot penetrate the
subsonic mixing boundary (see ref. L4), the only significant effects in
the external flow are some compression due to the bulge near the exit
and a subsequent expansion downstream due to entrainment of the external
stream by the jet (fig. 2). Contrariwise, for supersonic speeds, Leiss
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and Bressette (ref. 1), Love and Grigsby (ref. 4), and others have shown
that the external flow is marked by a shock at the initial bulge (exit
shock), an expansion over the curved jet boundary, and a shock (jet shock)
which occurs where the shock internal to the jet penetrates the supersonic
mixing boundary (fig. 2). Even though the initial deflection angle of

the bulge is only about half that for subsonic speeds (ref. 4), the
presence of shocks in the external flow indicates that the effects on

the external stream may be considerably larger than in subsonic flow and
probably extend to greater distances from the jet boundary.

Jet Effects on Wings

Figure 3 shows the jet-induced resultant pressures on the 60° delta-
wing model at M = 0.90 and 1.05 for o = 5° for one nacelle located
1 jet diameter below the right wing and with the jet exit at 69 percent
of the local chord. Qualitatively, the results are about what might be
expected from the discussion given for isolated jets (fig. 2). At
M = 0.90, the effects of flow inclination near the jet exit and the sub-
sequent expansion due to entrainment produce ACp,R peaks of no more
than 0.09 and -0.05, respectively. At M = 1.05, the effect of the exit
shock is to give a positive peak of AC ,R = 0.27; the negative peak is

slightly less than 0.10. The effects dlmlnish rapidly with increasing
spanwise distance from the jet at M = 0.90 and only moderately
at M= 1.05.

Figure 4 presents jet-induced resultant pressures for the same test
conditions as those for figure 3 except the whole nacelle has been moved
forward so that the exit is now at 38 percent of the local chord. In
general, the jet effects are shifted correspondingly forward and, at
M = 0.90, the effects are somewhat diminished. At M = 1.05, however,
the maximums and minimums are comparable with those obtained when the
nacelle was located only 1 jet diameter below the wing (fig. 3) as far
as the exit shock intersects the wing. The data indicate that the exit
shock has passed off the leading edge of the wing slightly outboard

of by 5 = 65 percent and that the jet effect shown for by2 = Th percent

comes entirely from the influence of the jet on the wing upper-surface
pressures, Evidently, this effect results from some interaction of the
jet-exit shock and the wing leading edge.

The chordwise pressure distributions obtained at o = 5° and
M= 0.90 and 1.05 for the two nacelle positions shown in figures 3 and L4
have been integrated to obtain the spanwise loading curves shown in fig-
ure 5. Additional data obtained for the nacelle located at 69 percent
of the wing semispan with the jet exit at 63 percent of the local chord
and 4 jet diameters below the wing are given in figure 6. Spanwise
loadings for the basic wing (no nacelle or pylon) are also given in
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figures 5 and 6 for comparison. It is seen that the largest effects
occur at M= 1.05 in all three cases, and that, at this Mach number,
the effect is smallest for the case where the exit-shock intercept passes
off the wing before reaching the tip. Although the ACy = 0.010

measured for the nacelle positioned at the inboard location and 1 jet
diameter below the wing is only about 5 percent of the wing normal force,
it is actually sbout 1.5 times the thrust of the jet causing this effect.
This is comparable in magnitude to the effects shown in reference 1 at

a Mach number of 1.8.

The wing chordwise and spanwise center-of-pressure locations for
the nacelle located at the inboard position and for z/dj = 1and 4

are shown in figure 7. Jet operation has a very small effect on the
chordwise center of pressure and practically no effect on the spanwise
center of pressure at subsonic speeds. In general, the data indicate
that the siight forward and inboard movement of the center of pressure
1s more pronounced for z/dy = 1.

Jet Effects on Fuselage Overhangs and
Horizontal-Tail Surfaces

The data shown in figure 8 give the effect of Mach number on jet-
induced pressures measured along the overhanging portions of two different
exit configurations. Although these data were obtained on two different
configurations at different jet total pressure ratios, these differences
are unimportant in showing the effects that are discussed here. For the
data at M= 0.85 (the twin-engine fighter), the increment of ACp = 0.25
at the center line indicates that the jet is probably in contact with
the center-line row of orifices over the entire length of the short keel;
however, very little jet effects were measured at the orificc row around
the shoulder. Extensive pressure surveys of this kind have been shown
in reference 5.

At M= 1.20, the data (the single-engine type) indicate that the
orifices on the bottom of the boom were probasbly in contact with the jet
at least near the exit. The pressure measurements made along the top of
the boom when the horizontal tail was located ahead of the exit indicate
that moderate positive pressure increments are experienced even though
this position is "blanketed" by the boom. Additional data, not shown
here, indicate that the leading edge of this upper-surface jet-effect
zone moves aft with increasing Mach number.

Thus, at subsonic speeds, the region of fuselage overhangs subject
to significant jet effects is nearly confined to that in contact with the
Jet. At supersonic speeds, the region of significant jet effects extends
much further away from the jet boundary and can even affect blanketed

areas.
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The effect of tail position on the Jet-induced tail chordwise pres-
sure distributions measured at M = 1.20 on the single-engine model is
shown in figure 9. The data indicate that the loading over the forward
third of the tail is greatest for the forward tail position and that the
loading is greater outboard. The lower loasding et the inboard location
may be due to the effects of a subsonic Jet mixing boundary in the region
immediately under the boom and this subsonlc mixing boundary may give way
to a supersonic mixing boundary outboard, with consequent increase in jet
effects.

Figure 10 shows the effect of tail position and free-stream Mach
number ‘on Jet-induced tail and tail-plus-afterbody normal-force coeffi-
cients. Pressure distributions obtained for the high and low horizontal
tails at M = 0.85 on the twin-engine model were integrated to obtain
the Jjet-induced effect on section normal-force coefficient as a funection
of angle of attack. The data indicate that for the high tail there is no
Jet effect on cp at any angle of attack, whereas, in the low tail posi-
tion, a constant reduction of 0.07 in ¢ was Obtained at all angles of

attack. This result indicates that the flow entrainment effect of a Jet
in subsonic flow diminishes rapidly with distance from the Jjet boundary.

Accelerometer data taken at M = 1.20 for the three longitudinal
positions of the horizontal tail on the single-engine models were reduced
to show ACy induced by the jet on the afterbody and afterbody plus tail.
The data, based on the plan-form area downstream of the jet, indicate
that ACy probably goes through a maximum as the position of the exposed
tail centroid is varied between O and 2.3 jet diasmeters downstream of the
Jet exit. TIf the reduction in tail-section normal-force coefficient
obtained at M = 0.85 be taken as representative of the effect over the
entire tail, then the total jet-induced tail loads are seen to change
sign as the free-stream Mach number is increased from M = 0.85 to 1.20.

Jet Effects Due to Thrust Reverser

The effect of thrust-reverser operation on afterbody pressures on a
single-engine blunt-based fighter-type configuration flying at M = 1.05
is given in figure 11. The curves shown represent averages of the six
pressures measured around the periphery of the left side of the afterbody
at each fuselage station. When no reverser is present, the pressures
ahead of the base are negative and decrease to -0.27 at the base. When
the target-type reverser was extended, the pressures were increased to
positive values for about 3 jet diameters ahead of the base. The tuft
studies indicated that separation occurred on the fuselage forward of
3 jet diameters and this separation was very unstable. The resulting
large lateral oscillations of the model on the relatively rigid support
system used in the wind-tunnel test indicate that the operation of this
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device on an airplane in free flight might render the airplane unflyable.
Although it is now known that this reverser is not a good design, it is
believed that the magnitude of these local pressure changes is typical
of what should be expected with most thrust reversers.

CONCLUSIONS

Examination of the data from recent investigations of jet-interference
effects on actual airplane configurations at transonic speeds has led to
the following tentative conclusions:

1. At subsonic speeds, jet-induced effects on wings, talls, and
fuselages are small and decrease rapidly with distance from the Jet
boundary.

2. At low supersonic Mach numbers, Jjet-induced effects comparable
to those obtained previously at substantially higher Mach numbers can be
realized. Generally, these effects do not diminish as rapidly with
distance from the Jet boundary as those induced in subsonic flow.
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EFFECTS ON ADJACENT SURFACES FROM THE FIRING OF ROCKET JETS

By Walter E. Bressette and Abraham leiss

Iangley Aeronautical Iaboratory
SUMMARY

This paper is a preliminary and brief account of some research
currently being conducted to determine the jet effects on adjacent sur-
faces from the firing of rocket jets. Measurements of jet-effect pres-
sures on a flat plate as well as shadowgraphs are presented that were
obtained when a rocket jet at a Mach number of 3 was exhausted downstream
and upstream into free-stream flow at a Mach number of 2 located from 2
to 4.7 rocket-jet-exit diameters from the plate. The jet effects on the
flat plate with the rocket jet exhausting downstream are of the same order
of magnitude as those previously obtained from sonic exits with a total
pressure 10 times lower. A maximum pressure coefficient on the plate
of 1.35 was obtained when the rocket jet was exhausted upstream at 2
rocket-jet-exit diameters below the plate, and an integration of the
measured Jjet-effect pressures at this position resulted in a normal force
on the plate equal to 2.3 times the thrust output of the rocket jet.

INTRODUCTION

During the past few years the use of air-to-air rocket-propelled
missiles for supersonic aircraft has become prominent. Also, it is
reasonable to expect that, in the future, large-sized aircraft will be
used as platforms for the launching of large-sized guided rocket-propelled
missiles. These missiles might be fired not only forward but also rear-
ward and sideways. It is important, then, to know the short-duration
loads on adjacent wings and body surfaces of the aircraft from the rocket
jet of the missile. Therefore, in the Langley preflight jet of the Pilot-
less Aircraft Research Station at Wallops Island, Va., a testing program
has been initiated to determine the jet effects on adjacent surfaces from
high-pressure short-duration rocket jets exhausting downstream, upstream,
and normal to the free-stream flow. Up to the present time only prelim-
inary tests from rocket jets firing downstream and upstream at a Mach
number of 2 have been completed. The results from some of these tests
are discussed in this paper.
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SYMBOLS
P, - D

Cp pressure coefficient, ———2

9
dj diameter of rocket-jet exit
Fy normal force
Mj Mach number at exit of rocket jet
Mo, free-stream Mach number
pj static pressure at exit of rocket jet
Py 3 total pressure at exit of rocket jet

J
Py, measured static pressure on plate
P free-stream static pressure
[+<]
y4 2
a, free-stream dynamic pressure, 5 pme
X chordwise distance on plate
N spanwise distance on plate
¥ ratio of specific heats (1.4 for air)
APPARATUS

Presented in figure 1 is a sketch of the test setup showing the
location of a rocket-jet exit having a Mach number 3 nozzle below a flat
plate at the exit of the blowdown tunnel having a Mach number 2 nozzle.
Also shown in the figure is the relation of the rocket-jet exit relative
to the flat plate for the four test positions that are discussed in this
paper. These positions are for one rocket jet exhausting downstream that
is located at E.Mdj below the plate and 6.5dj from the end of the plate

and for three rocket jets exhausting upstream at 2, 3.4, and 4.7&3 below
the plate, all of which were located at 0.7hdj upstream from the end of
the plate. These upstream firing positions are henceforth referred to




as positions A, B, and C, respectively. The rocket-jet variation of total
pressure with time was similar during each of the tests. The actual total
firing time of the rocket jet was approximately 0.6 second with the rocket
Jjets exhausting at a total pressure of approximately 1,000 pounds per
square inch during the first 0.5 second and then reducing to zero pres-
sure during the remaining 0.3 second. The data as presented in this paper
were taken with the rocket jet exhausting at a total pressure of approxi-
mately 1,000 pounds per square inch.

INSTRUMENTATTION

The location on the flat plate of 47 static-pressure orifices rela-
tive to the rocket-jet exits is shown in figure 2 as well as the area on
the plate integrated to obtain the jet-effect normal load. As can be
seen in this figure, the plate was pressure surveyed on only one side of
the rocket-jet center line.

RESULTS AND DISCUSSION

Presented in figure 3 is the rocket-jet-off and rocket-jet-on center-
line pressure distribution on the flat plate plotted over the jet-effect
shock pattern that was obtained from shadowgraphs with the rocket jet
exhausting downstream at Pt, /P = 68 and P; /P, = 2.1. The shadow-

graphs revealed the now-familiar two-shock jet-effect pattern that is
obtained with a sonic turbojet exit. These two shocks are commonly
called the exit shock and the jet shock. The maximum pressure coef-
ficient of approximately 0.l that was obtained directly behind the inter-
section on the plate of the exit shock is about the same that would be
obtained from a sonic turbojet exit at pj/pm =3 and Py ./p = 6.

2d/ 7>

Figure 4, which presents a typical shadowgraph with the rocket jet
exhausting upstream at position A, shows a bow shock, upstream from the
rocket-jet exit, standing in front of the maximum penetration of the
rocket-jet exhaust which is burning. This bow shock is strong enough
at the intersection with the plate to cause separation of the plate bound-
ary layer. TFigure 5, which presents & typical shadowgraph at position C,
shows a bow shock, upstream from the rocket-jet exit, standing in front
of the maximum penetrstion of the rocket-jet exhaust. This bow shock at
position C is farther upstream from the rocket-jet exit than the one
obtained at position A; also, it has a greater curvature from its normal
position at the center, and at the intersection point on the plate it is

reflected.
——
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Presented in figure 6 is the rocket~jet-off center-line pressure
distribution as well as the rocket~jet-on center-line pressure distribu-
tion on the plate, and presented in figure 7 is the rocket-jet-on spanwise .
pressure distribution obtained at position A. When the rocket jet was
fired at this position, figure 6 shows that the bow shock in front of
the rocket-jet exit with the rocket. jet off moved from a position approxi-
mately O.7dj to a position 2dj to 3d3 upstream from the exit. This bow

shock stands in front of the most forward pentration of the rocket-jet
fuel-rich exhaust which is mixing with the incoming free-stream air and
is burning in the zone designated as the mixing zone. At the same time,
this bow shock induced separation of the plate boundary layer upstream
of its intersection on the plate. The resulting initial rise in the
rocket-jet-on center-line pressure distribution on the plate is similar
to that obtained in references 1 and 2 from the separation of a turbulent
boundary layer by the step technique; the first peak value of 0.35 as
obtained in this test agrees very favorably with the step-technique value
obtained in reference 1 on a flat plate at M = 2. Also, as illustrated

in reference 2, the overall pressure rise for incipient separation can
be considerably greater than the first peak pressure rise. In this test
the overall pressure rise resulted in a maximum pressure coefficient

of 1,35, which is 85 percent of the pressure coefficient that might be
obtained directly behind a normal shock. This maximum pressure coeffi-
cient is reduced rapidly as the spanwise distance is increased in fig-
ure 7 as would be expected from the intersection of a bow shock and a
flat plate, whereas the first peak value is essentially constant with
the same increase in spanwise distance. A normal force on the plate

of 2.3 times the rocket-jet thrust output was obtained at this position
of 2‘:1'j below the plate by integrating the pressure field that was measured

on one side of the rocket-jet center line and multiplying the result
by 2 on the assumption that the pressure distribution on the opposite
side of the rocket-jet center line was the same.

In figures 8 and 9 is shown the center-line and spanwise pressure
distribution on the plate with the rocket jet exhausting upstream at
position C. When the rocket jet was fired at this position, the bow
shock in front of the rocket-jet exit with the rocket jet off did not
intersect the plate at this position and moved from approximately O.7c1'j

to approximately 9dj upstream from the exit. This large upstream movem