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EXPERIMENTAL VERIFICATION OF LOW SONIC BOOM CONFIGURATION

by

t tt

Antonio Ferri' and Huai-Chu Wang

New York University
Bronx, New York 10453

and

tr

Hans Sorensen

Aeronautical Institute of Sweden

I. Tntroduction

Airplanes flying at supersonic speed produce ''sonic booms' on the
ground. Sonic boom reflected on the ground is felt by people as a ''start-
ling noise," and the present levels and shapes of the overpressures are
highly objectionable. The sonic boom is unavoidable for vehicles having
lift and cruising in horizontal flight. Therefore, the direction to follow
in order to attempt to minimize the unacceptability on the part of the
people is to decrease the main source of annoyance which is largely con-
nected with the presence of shock waves.

The results of an analytical and experimental investigation are pre-
sented and discussed herein, and have been performed in order to determine
configurations that present a reduction of shock wave strengths with respect

to values produced in present configurations, and to validate results of

t Director, Aerospace Laboratory, and Astor Professor of Aerospace Sciences
++ Research Scientist
+++ Head of the Trisonic Tunnel, Aeronautical Institute of Sweden



approximate analysis by means of experimental results. The investigation also
is useful for developing satisfactory prediction methods.

The investigation indicated that the analysis and experiments are in
good agreement, and that sonic booms having the first shock strength of the
order of 1 1b/ft2 as predicted by the analysis are measured in the experi-
ments. The investigation indicates some of the difficulties encountered in
extrapolating near field data at large distances. The experiments have been
performed at the Aeronautical Research Institute of Sweden, by the research
group directed by Professor M. Landahl and Dr. G. Drougge, and have been
performed by using a new experimental technique developed by the group1
based on the higher order analysis developed by M. Landahl, I.L. Ryhming,
and othersz. The model has been designed by a research group at the Aero-
space Laboratory of New York University, as a part of ar investigation on

3,4 The latter group also performed the analysis of

low boom configurations.
the experimental results described in this report. The work has been carried
out under two NASA Grants: (1) NGR 52-120-001, assigned to the Aeronautical
Research Institute of Sweden; and (2) Grant NGL 33-016-119, assigned to New
York University. The experiments have been performed by H. Sorensen of the
Aeronautical Institute of Sweden. The analyses have been performed by a

team under the direction of Professors Ferri and Ting, which includes besides
the authors, Mrs. F. Kung, Messrs. M, Siclari and A. Agnone. This report
discusse8 the results corresponding to an angle of attack close to the

selected flight conditions for the SST, and at another slightly higher angle

of attack.



ITI. Definition of the Problem

Prediction of sonic boom signatures at large distances from the airplane

5,6,7,8 The aircraft is

is based mainly on the Whitham second order analysis.
represented by a distribution of multipoles and lifting elements derived from
the airplane's geometry on the basis of linearized supersonic theory. The
asymptotic solution is expressed in terms of the cross-sectional area distri-
bution. S(xg) is a function of the distance x and azimuthal angle g of an
equivalent body of revolution, and an equivalent cross-~sectional area that
represents an equivalent linear 1ift distribution. The pressure variations
produced by a vehicle are strongly nonlinear near the vehicle; however, the
nonlinear effects decrease rapidly moving away from the airplane. Therefore,
at some finite distance from the airplane surface, linear theory is generally
valid locally. Then the only nonlinear effects to be considered are the
effects related to the variation of the speed of sound that when combined
with the local variation of velocity of fluid produces distortions of the
signal with respect to linear Mach waves. This second order effect is
cumulative and therefore must be considered when propagation of distur-
bances at a large distance is investigated. The Whitham theory takes into
account these effects and permits us to determine the propagation of waves
from a region where the disturbances produced by the vehicle are already
sufficiently small, so that linear theory applies.

The analysis permits us to extend the signal produced by the airplane to
regions far from the airplane, provided that the disturbance produced by the
airplane is known in a region where such disturbances are already small.

The analytical determination of such disturbances is extremely difficult,



especially at high Mach numbers. The linear theory that is the most adapt-
able type of analysis available for three-dimensional flow, cannot be used
for the purpose of relating the shape of the airplane to the signature pro-
duced in the near field, because it neglects higher order effects both in

the definition of the local intensity of the signal, and in the decay and
shape of the wave propagation.

Experimental methods, where the wind tunnels are used as analog machines

to define the signals at some distance from the vehicle, open a promising
way to solve this problem because they do not have the limitations of the

9,10,11 Such approaches, however, have other limitations

linearized theory.
that only recently have been recognized.12 The most direct approach for
eliminating many of the uncertainties due to the simplifications introduced
in the analysis to determine the actual signature of an airplane at some
distance from the airplane, is to measure the complete signature experi-
mentally. At Mach numbers on the order of 2 te 3, the disturbances produced
by good L/D configurations at distances of the order of a few body lengths
from the model are extremely small; therefore, linear theory applies here.
The experimental approach proposed by NASA9, and used extensively for sonic
boom determination, has been to build a model and to determine experimentally
the disturbances produced at some distance from the airplane and then extra-
polate the measured signal to the required height of flight by means of the
Whitham theory. The concept is surely valid, and therefore presents one of
the most direct ways of obtaining accurate information. However, it has been

shown12 that in applying the concept that more attention should be given to

the type of measurements performed, and to the interpretation of the experi-



mental data, before such methods can give completely satisfactory results for
configurations producing weak sonic boom signatures as required for future
airplanes. One of the basic simplifications of the Whitham theory is that

at large distances from the body, the details of the spanwise distribution of
the sources of disturbances are not important provided that the span of the
vehicle is very small with respect to the distance considered. Then, the
airplane can be substituted by an equivalent axially symmetric body in any

of the meridional planes around the axis of the body considered. This
approximation has been introduced in the past, and used in the extrapolation
of experimental measurements to large distances. Because of these simplifi-
cations, the measurements have been performed only in the meridian plane
normal to the plane of the airplane wing. These measurements have been used
to determine by means of the Whitham theory, an axially symmetric body
equivalent to the airplane configuration which is used to determine the sonic
boom at large distances. This approach introduces two approximations: the
first is that the region where the measurements are made 1is sufficiently far
from the model, so that the disturbances are small; the second is that all
dimensions normal to the axis of the airplane, including also the spanwise
dimensions, are negligible with respect to such a distance so that the three-
dimensional effects are neglected. Both assumptions are acceptable if the
regions of the measurements are sufficiently far away from the model; however,
the distance required for the validity of the first approximation is not the
same distance required for the validity of the second. For airplanes having
good performances, and wings of practical span, the first requirement can be

satisfied at much smaller distances than the second.



In practice, distances from the model of the station where measurements
are performed cannot be too large because of practical experimental diffi-
culties. The precision of the measurements decreases sharply with an in-
crease of distance because of the finite sensitivity of the instruments.
Furthermore, the size of available wind tunnels and the size of the model
required for the tests limits the ratio between distance of measurements and
length of the model. Another important difficulty is due to the fact that
the flow field produced by a wind tunnel is not absolutely uniform. In any
wind tunnel, a nonuniformity of a few percent in Mach number exists. Such
nonuniformities correspond to waves that interact with the wave pattern
produced by the model., When these disturbances interact with the flow field,
an error is introduced that is cumulative along the waves carrying distur-
bances from the model to the plane of measurement. The strength of the
waves that is produced by the model at a very large distance from the model is only
slightly larger than the waves due to nonuniformities existing even in the
most uniform wind tunnel. Therefore, the error introduced is proportionally
larger at larger distances, This error tends to increase with Mach number.
Thus, a compromise must be reached between accuracy required and distance of
the measurement where a single measurement is acceptable.

The problem can be reduced substantially by the introduction of more
complex techniques for obtaining experimental data, and extrapolating the
results, Two different approaches have been proposed; one by the first
author of this report12 where the measurements are performed in a plane
located at some distance from the model parallel to the plane where the

sonic boom signal must be determined. The deviations of the stream surface



normal to the plane are measured in a region inside the shock generated by
the front tip of the airplane. Such deviations are detemmined along several
straight lines parallel to the flow direction to cover all of the flow in-
side the shock. A stream surface is defined by the measurements that can be
substituted for the airplane. Such a stream surface where the flow distur-
bances are small is equivalent to the vehicle placed above. Then, the
Whitham analysis as applied by Walkden,13 is used directly to determine sonic
boom at the required distance from this surface., The Whitham theory applies
for this extrapolation provided that the disturbances are small, so that
locally the linear theory is sufficiently accurate. 1In this type of an
approach, the deviation of the stream surface is measured experimentally by
measuring the stream deviation in a plane parallel to the ground in the
entire region inside the front Mach cone. Therefore, the precision of this
method depends on the compromise of two opposite requirements: (1) the
accuracy of the linearized theory which increases with the distance from the
body; and (2) the precision of measurements which decreases when the dis-
tance increases. However, three-dimensional effects are accounted for
accurately. The experiments presented here tend to indicate that a satis-
factory compromise can be obtained for these two opposite requirements even
if the measurements are performed at very small distances from the body.

The present experiments have been performed by using the second method
proposed by Landahl, Ryhming, Sorensen, and Drougge.1 Here, the streamline
deviation is measured for several streamlines starting on a cylindrical tube
placed around the model having the axis parallel to the wind, and at small

distances from the axis. In the experiments performed, the distance is



smaller than the length of the model. The deviation of each streamline of
this tube is measured locally in several meridian planes. Two angles are
measured: one gives the deviation in the meridian plane; and the second
gives the deviation on the cylinder normal to the meridian plane. These
data are used to determine at the axis of the cylinder the F function that
is used in the Whitham theory, by means of higher order approximation that
takes into account second order terms in the disturbance components and
higher order terms in the curvature according to a theory developed by the
proposers of the method.

This method permits us to use smaller distances from the models than
the other; however, it requires differentiation of the measured deviation
which is difficult to do. 1In addition, the analysis assumes that the three-
dimensional and thickness effects are small so that the disturbances can be
extrapolated at the axis of the body. This last condition can produce F
functions that are not singly valued. Both approaches are improvements with
respect to the standard method, especially at Mach numbers of 2 or 3.

ITI. Experimental Techniques

The experiments were conducted in the Trisonic Tunnel of the Aeronau-
tical Institute of Sweden, FFATUM 500, at Mach number 2.718.1 The tunnel
has a square test section of 50 x 50 cm2 with perforated walls for the
transonic speed range and a flexible wall nozzle which allows the Mach
number to be varied continuously between 1 and 4. It is a blowdown tunnel,
which may be operated with a stagnation pressure up to 12 atmospheres, and
a stagnation temperature range of 300°k - 400°K. A schematic design of the

tunnel is shown in Fig. 1.



Pressure measurements were performed on the model at 2.6° and 3.2°
incidence at two positions along the tunnel axis. The flow field measure-
ments were conducted at two radial distances from the model axis correspond-
ing to 0.271 and 0.558 times the length of the model in meridian planes
spaced at 5° intervals from the plane of symmetry in the range between 0°
and 90°. The meridian planes are defined by the angle ¢ with respect to the
plane of symmetry, The pressures were recorded almost simultaneously, since
the time between the individual measurements were 1 ~ 10-4 sec. Schlieren
photographs were taken of the flow field generated by the model and the
pressure probe.

The absolute level of accuracy of the results is very difficult to
establish, because of the combined effects of the many possible sources of
error. A number of precautions were taken, however, to reduce the magnitude
and probability of significant errors. The facility instrumentation con-
sists primarily of higher sensitivity pressure measurement devices for de-
termining both stagnation and reference pressures. These pressures were
calibrated carefully preceding the investigation. The free-stream pro-
perties are considered accurate within the following limits:

My, + 0.01

Pt,e + 0.1%

The precision with which local flow quantities can be determined is es-

timated by the Laboratory to be as follows:



Errors at qw = 3.0

M + 0.07
+1.07%

Pe, . *

e =< + 0.10°

G =< + 0.10°

The values of the errors in angles quoted here do not include the influence
of the nonuniform flow on the probe. As it will be discussed later, the
interaction of the shock with the subsonic flow in front of the probe,
produces locally large errors;therefore,there such a type of measurement is not
accurate. In addition some small influence due to Mach number gradients has
been found experimentally. A report on such an influence will be made
available later by the FFA group. However such effects are small and do not
affect the results presented here. In order to analyze such effects, a
comparison between measured and calculated values was performed for the front
part of the model that is axially symmetric. The calculations performed by
means of a numerical program based on a three-dimensional characteristic
analysis is as accurate as the numerical approximation. The comparison

that will be presented later, indicates that the estimated value of the

error for g and g is larger than the maximum differences found between the
measured and calculated values.

The definition of the angles g and g, the support of the model, and the
dimensions and point for rotation of the model are shown schematically in
Fig, 2. The angles ¢ and g were measured by means of a probe as shown in
Fig. 3.

IV. Description of the Model

In references 3 and 4, configurations have been investigated that

10



according to approximate analyses should produce sonic booms much lower than
present configurations for equivalent conditions of flight. 1In order to
determine the validity of such conclusions, and in parallel to experiments
with the more accurate experimental techniques, one of these configurations
has been selected for the tests. The configuration selected is shown in
Fig. 4, where the dimensions correspond to the model tested. The wing is
syept back at 72°. The wing profile has 2% thickness and is a symmetrical
circular arc profile. The fuselage shape has a circular cross section;
detailed dimensions of the fuselage area as a function of the distance are
given in Table I.

In the analysis it has been assumed that the fuselage is sharp at the
front and rear tips,and that the wing profile is also sharp at the trailing
and leading edges. The construction of the model had required some modifi-
cation on the wing leading edge and fuselage front tip, and on the rear part
of the fuselage. The modification introduced at the leading edge is required
in order to avoid local separation. The modification at the rear part of the
fuselage is required because of the presence of the support. The support
increases the equivalent area in the rear part of the vehicle, and there-
fore affects the sonic boom because it changes the final value of the equi-
valent area distribution.

In order to eliminate such effects, the equivalence between 1ift and
cross-sectional area has been utilized, and a correction on the planform of
the wing has been introduced. The area of the wing has been reduced in the

region vhere the fuselage cross section is different from the design. The

11




reduction of wing area has been calculated to balance the increase of cross-
sectional area from the reduction of 1ift and volume for a CL of the wing
of 0.060, at M = 2.70.

The design of the model is shown in Fig. 5, where the important differ-
ences between the model used in the analysis and in the tests are shown.

The configuration does not have a vertical tail because of the advisability
of constructing a simple model. The volume due to the vertical tail has been
included as an equivalent increase in volume of the fuselage. Actually, the
vertical tail increases the equivalent length and is useful in decreasing

the intensity of the rear shock. This effect is not important for this set
of tests because the main interest is directed to the determination of the
front shock, in view of the difficulty of obtaining representative measure-
ments from the rear shock.

The configuration selected does not represent a realistic airplane
configuration. However, the total equivalent area distribution produced by
the model tested at the selected CL’ has been selected from a more realistic
airplane configuration where the requirements of the volume and 1ift distri-
bution have been selected from practical configurations. This configuration
is shown in Fig. 5b. There are two reasons for the selection of the different
configurations shown in Fig. 5, corresponding to the same total equivalent
area. The first is of an analytical nature, The configuration shown in
Fig. 5b is more complex; therefore, an approximate amnalysis that takes into
account three-dimensional and nonlinear effects is not possible. Then an
iteration procedure would be required, where the wind tunnel is used as an

analog machine to select accurately the details of the configuration that

12




correspond to the equivalent area selected. The second is of an experimental
nature; a minimum fuselage diameter was imposed by the balance. This required
a reduction of the wing thickness and in increase of fuselage volume.

Once a configuration has been obtained that gives low sonic boom, criteria
are available to introduce changes that permit selecting an equivalent practical

configuration similar to the configuration shown in Fig. 5b.

V. Possibility of Obtaining Information on the Rear Shock from Wind Tunnel

Tests
The measurements in a wind tunnel of the rear shock produced by a model

of this type are not indicative of the actual phenomena because of the lack
of similarity. The presence of the sting, the difference in the size of the
wake, and the lack of representation of the engine jets introduce severe
errors in the intensity of the rear shock. The engines produce jets that mix
with the outside flow producing a displacement thickness equivalent to sub-
stantial area changes. Figure 6 indicates the equivalent area variation due
to the jet downstream of one of the engines for an SST configuration which has
four General Electric engines fully expanded. The total equivalent cross-
sectional area for a complete airplane at cruise is of the order of 800 ftz.
The difference between flight conditions and tunnel conditions in wake dis-
placement thickness produces effects of .the same order. These effects can
be included in the analysis and have been included in the results presented
in reference 4; however, they are difficult to simulate in small scale ex-
periments of the type described here, and require a more complex research

program than is required for the measurements of the front shock.

13



VI. Results of the Analysis

The configuration presented has been analyzed for flight conditions.
at cruise for an airplane having a length of 300 £t in full scale. An
airplane of this dimension has 10,000 ft2 of wing area. The volume of the
fuselage is 44,000 ft3, while the wing span is 58.8 ft and the wing
volume 10,000 ft3.

The analysis of the sonic boom has been performed for the conditions
corresponding at cruise at 60,000 ft, M = 2,70, and total weight equal to
460,000 1bs. The analysis has been performed following the method outlined
by Carlsoné, which transforms the 1ift in an equivalent area. The lift has
been determined by means of linear theory with some approximate second
order corrections. The extrapolation of signature to ground level has been
performed by means of the variable density program developed in reference 15.
Figure 7 indicates the contribution of the equivalent area distribution of
the different components, Table 1 gives the same information, The sonic
boom signature obtained from the analysis is shown in Fig. 8 where four
meridian planes are considered. The cut~off angle is around 600. For

comparison, the constant pressure analysis for average pressure equal to:

Paverage - \/Psea level P60,000 ft

has also been performed. The results are shown in Fig. 9 where the reflec-

tion coefficient K is equal to 1.8. The analysis indicated that the front

1k



shock for the weight assumed is of the order of 0.94. The ground reflection
coefficient used in the analysis is 1.8. The area curve corresponding to
the sonic boom in Fig. 8, is a smooth curve corresponding to sharp leading
edges for the wing. The wing of the actual model produces a detached shock
because the leading edge has been rounded. Therefore, some perturbations in
the equivalent area distribution will be produced by this change. It is
difficult to predict the actual intensity of these perturbations; however,
the qualitative trend of the effects of such disturbances can be predicted.
The round leading edge will produce initially stronger pressure rises than
the sharp leading edge followed by an overexpansion. This is equivalent to
a more rapid increase of the variation of the cross-sectional area in the
region where the wing starts followed by a more gradual variation. The wing
starts roughly at 50% of the length. The variations of the type of curves
indicated in a and b of Fig. 10 can be expected. The sonic boom signature
for these two distributions has been calculated. The results indicate that
these local small perturbations tend to produce signatures that have two
shocks of about the same intensity, Fig. 11.

The calculations have been performed initially for a weight of 460,000
lbs, at M = 2,70, The experiments have been performed at M = 2,72, and a
CL = 0.055, and CL = 0.066 corresponding to the angle 2.6° and 3.2°. These
conditions would correspond to a total airplane weight of 430,000 1lbs and
520,000 ibs. Then the condition of CL = 0.055 is close to the design con-

ditions. The sonic boom for these two conditions has been calculated and

is shown in Fig. 12. The effects of small local perturbations as shown

15



in Fig. 13 are also indicated.

VII, Review of the Experimental Data

The experimental data made available for the analysis are presented in
Figs. 14 to 19. Figure 14 presents the measured values of ¢ at r/L = 0.271
for different values of g, while Fig., 15 presents the values of g for the
conditions. Figures 16 and 17 present the same quantities for the distance
r/L = 0.558. For several values of g, measurements are available for more
than one position of the model along the axis of the tunnel. Figures 18 and
19 present the results for § = 0 and r/L = 0.272 and 0.558 for the different
positions. The figure indicates that the change of position does not affect
the experimental results, giving an indication of the uniformity of the flow.
Similar configurations on g and ¢ at the two distances but for ¢ = 3.2 are
given in Figs. 20, 21, 22, 23, As shown in the figures, the disturbances at
% = 0.558 and ¢ = 2.6° are extremely small; therefore, here linear theory
applies for this case.

In addition, Schlieren pictures are available for all of these con-
ditions. Figures 24a and 24b give the Schlieren photographs at i = 0 and
o = 90, for ¢ = 2.60, and Figs. 25a and 25b for g = 3.2°. The photographs
permit wus to locate accurately the position of the shocks, and therefore
help in the interpretation of the experimental results.

VIII. Corrections Introduced on the ¢ and Justification for the Corrections

The probe that measures the angles ¢ and ¢ has a diameter of 3 mm and
has a spherical nose. The probe produces a shock and the flow region down-
stream of the shock near the orifices is subsonic. The calibration of the

probe is based on the assumption that the flow in front of the shock is
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fairly uniform and the angle is determined on the basis of the assumption that
a small inclination of the flow direction with the axis of the probe corres-
ponds to the equal rotation of the pressure distribution around the axis of
the probe. This assumption is correct everywhere if the flow is continuous
because the probe is small. However, the situation changes when an external
shock interferes with shock of the probe in the subsonic region., Consider
Fig. 26 where the probe and the shock in the external flow are represented
schematically. Interference with the calibration starts when the probe is
behind the external shock, in position a, and continues until the vnrobe has
crossed the shock and is at position b.

Experiments have been performed16 where this phenomenon has been in-
vestigated at higher Mach number. In Fig. 27 taken from reference 16, the
effects on the pressure distribution due to the interaction are shown. The
variation of pressure distribution, due to the interaction when the sphere
is in front of the externmal shock is very large (case ¢ of Fig. 27). 1In
this case if the pressure distributior is used to determine angles on the
basis of a uniform flow calibration, then the measurement would indicate
incorrectly that a large flow deviation exists in front of the probe. When
the sphere is behind the external shock, then the interference produces an
opposite effect, decreasing the value of the actual deviation. Because of
these effects, the points measured in the vicinity of the shocks have been
discounted and the diagram shown in Fig. 28 has been used for the analysis.
In this diagram the position of the shocks have been determined very accu-
rately from the Schlieren pictures. The peak deviation behind the shock

has been obtained from the measurements of the shock inclinati?n, and the
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flow properties in front of the shock.

In Figs. 29 and 30, the value of ¢ calculated by means of three-
dimensional characteristics are shown, and compared with the experimental
data, The differences are extremely small and can be due either to small
differences in geometry between the model and the shape used for the cal-
culation or to measurements or calculation accuracy. Because the data of
the sets of tests agree well, the first assumption seems to be more probable

In order to determine the importance of some of the details of the
pressure distribution, two alternate curves, 1 and 2 of Fig. 28 have been
used in the analysis. Curve 1 considers only one shock, while curve 2 con-
siders the existence of two shocks. The second shock is produced by the
discontinuity in slope between fuselage and support.

IX. Description of the Method of Analysis Used

The method used for the analysis has been described in reference 1 and
has been developed by M. Landahl, I. Ryhming, H. Sorensen, and G. Drougge of
the Aeronautical Research Institute of Sweden. In order to simplify the
reading of this paper, the important features of the method are summarized
here by reproducing a section of the report of reference 1.

According to reference 2, the perturbation velocity components at large
distances from a three-dimensional body in supersonic flow are given to

second order by

pco
u2 = E- u(xo’ro,eo) (1)
ro
-2 2
V2 = o T V(Xo;roaeo) (2)
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- - 1
Wy = w(x ,r ,8) = T, Pq 3

where u,, V,; W, are the second-order components referred to a cylindrical

2’
coordinate system, eo is the meridian plane angle and T, is the radial

distance from the wind axis.

= - v Ll \
X =x - Krov M + Kro 35 %)
- _ _XK v
r=r (1 -~ Ku 3 35 ) (5)
du ( +1)M4 2 2
g =95 =-2K , K= Yr-7 s B =M -1 (6)
o 26 232

and u, v, w are the corresponding values according to linearized theory and
their potential is ¢p. For large distances the following expansions were

shown to hold:

2r )

8y = —2 Jp _ 186
F(y;0) 3 v+ o5 5r )
[o] o]
v 1
us=s-= - 3.7 (8)
B 2ro
F
e0
vE© T 28t (%)
(o] o]
Wy = - Krjuv (10)
y=x-3r+kr’5F+(M2-§)@-¥cpe o, (11)
o
.. kg
8, = © g T (12)
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where k = k 28

The quantities measured are the flow deflection angles ¢ and g, along lines

of constant r but in different azimuthal planes § = const.

related to v, as follows:

2
v
-1
e = tan 1+u2
or since u, = - v,/B to lowest order

= - £
v, (1 B e+ ...

From the aximuthal deflection angle g we obtain

or Py =Py =IO

The angle ¢ is

(13)

(14a)

(14b)

Thus, ®q can be determined directly from the measurements, and by aid of

(o]

numerical differentiation of 5(g) one can also calculate ) 5 ° From the
0’0

measurements of ¢ (x), p, can be determined by numerical integration, since

to the order considered

X
®g) ~ - L e (x')dx'
| ~-5 T
r=const shock

One can next obtain v from (2):

v = (1 - M) (1- Ku) v2==-(1+Mzg-) (1+K

(15)

D v, 16



Furthermore, (5) gives that

r =r(l - 58_ ) S (17)

We have now the quantities needed to calculate F from (7). The Mach line
parameter y and the angle parameter eo’ finally, can then be determined from
(11) and (12).

For an axisymmetrical flow field w is zero as well as g-derivatives.
The measurements and the evaluation of the F-function is then simplified,
since it is only necessary to consider a single azimuthal plane.

X. Application of the Method to the Present Experiments

The method presented is an improvement with respect to the methods
used previously, because it takes into account nonlinear effects which are
important iun the near field and because it introdices corrections for the
near field effects due to three-dimensional phenomena. In applying such a
method to the present experiments, two different difficulties have been
encountered,

The first difficulty is related to the evaluation of(pee in equation 7
of the analysis, which required differentiation with respect to g of the
measured quantity g. Such an operation is difficult to perform accurately,
because small errors on the measured values of g introduce variation of the
value of @ee. An attempt has been made first to perform a Fourier analysis
of all the measured values, between g = 0 and 90°. However, for the front
part the experimental accuracy is insufficient, while for the region of the
wing where the coatribution of Pag to the final results has significance,

the series does not converge. Therefore, a different approach has been used
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in the analysis. 1In the region of the wing the values of g between 0 and"
30° have been plotted as a function of g, and a curve has been drawn connect=-
ing the experimental poinfs. Then the value of 33/30 at p = 0 has been
obtained from the curve.  For the region where the model has axial symmetry,
the values of 35/30 given by the analysis have been used. The contribution
ofcpee to the F function in this region is negligible. Therefore such an
approach is justified, However the contribution of the term is important
in the region of *he wing indicating the importance of the three-dimensional
effects.

The second problem encountered in the determination of the F function
is related to the existence of double values of the F function due either
to the three-dimensional effects or to rapid expansions (corners) at the
surface of the body.7 This effect is due to the fact that the F function
is calculated at the axis and can be understood clearly if a simple configura-
tion is analyzed. Consider, as an example, a cone cylinder at zero angle of
attack. At the expansion corner, a family of expansion waves is produced.
Fig, 31. 1If these expansion waves are extrapolated to the axis, then two
sets of values corresponding to the same y for the F function in the region
AB of the figure. Similar effects exist when the model is three-dimensional.
Then waves generated from different points of the model at different r reach
the same point in the meridian plane analyzed. 1In order to obtain some
criterion for the solution of this difficulty, a detailed analysis has been
performed for the case of the cone cylinder of Fig. 31 for the case, the
actual stream deviation ¢ at several values of r can be numerically obtained

by means of the method of characteristics. Then it is possible to deter-
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mine the F function that corresponds to the ¢ distribution obtained at some
distance from the axis, and compare with the F distribution obtained by in-
troducing the discontinuity. Such analysis indicates that the double value
should be eliminated by adding and subtracting equal areas in F on the

Mach wave from the corner as discussed in reference 7, (see Fig. 31), in

the region where multiple values axist. The F function obtained from the
data is shown in Fig. 32. Figure 33 shows the F function used in the analy-
sis. The same method of analysis has been used for the data at r/L = 0.271,
and for g = 3.20. The F function obtained from the data at 0.558 has been
used to obtain the sonic boom corresponding to an airplane 300 ft long flying

at 60,000 ft, for the C_ of 0.055 which corresponds to a total weight of

L
430,000 1bs., Figure 34 gives the sonic boom shape obtained from the F
function by using the variable pressure program, and Fig, 35 the same re-
sults obtained by using constant pressure program corresponding to the
square root of the two values at the flight and ground level. The amplifi-
cation due to the reflection of the ground is assumed to be equal to 1.8

the incoming signal, and is included in the values presented. In order to
determine the importance of the three-dimensional and nonlinear effects,

the calculations have been repeated, by applying directly the Whitham theory
to determine the F function, and neglecting all the higher order terms,
curve a and only the three-dimensional effects Qpee) curve b, Figure 36
shows the sonic boom obtained, when these quantities are neglected. The
figure indicates that the three-dimensional effects are important at least

when r/L is small. A similar calculation has been performed for the data at

a = 2.6o and r/L = 0.271. The two ¢ distributions for the analysis are as
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shown in Fig. 37. The results obtained are shown in Fig. 38. They are very
similar to the results of Fig. 35. The position of the second shock is
different.
The same analysis has been performed for the data corresponding to
o = 3.2%. This condition corresponds to a vehicle that has a length of
300 ft, weight of 530,000 lbs, flying at an altitude of flight of 60,000 ft.
The results are shown in Figs. 39, 40, and 41. Figure 39 gives the distribu-
tion of € at r/L = 0.558 used in the analysis. TFigure 40 gives the F function
calculated and the curve used after being corrected by eliminating the double
value, and Fig. 41 gives the shape of the sonic boom derived from the F function.
XI. Conclusions
The experimental investigation performed permits us to reach the following
conclusions:
1. Sonic booms having peak values of the order of 1 lb/ft2 as
predicted analytically in reference 3 have been measured. The sonic
booms obtained have near field signatures as predicted in reference 3
for cruise conditions and in referencel7 for the acceleration phase.
The distribution of equivalent cross-sectional area tested corresponds
to an airplane shape that has the volume, length, and 1lift requirements
of a practical airplane configuration; however, substantial additional
work is required to investigate if all other aerodynamic requirements
related to a practical configuration can be met.
2. The nonlinear and three-dimensional effects are of primary importance
for the determination of the correct values of the sonic boom from
measurements at small distances from the model.

3. More complex experimental techniques where such effects are determined
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are required when near field measurements are made as recummended in
references 1 and 12.

The experimental method proposed in reference 1 gives satisfactory
results,

Improvements are still required in the experimental techniques

and in the analysis in order to measure and determine with better

accuracy all of the required quantities.

25






2a.

2b.

10.

11.

12.

REFERENCES

Landahl, M., Ryhming, I., Sorensen, H., and Drougge, G.: " A New Method
for Determining Sonic Boom Strength from Near-Field Measurements.' NASA
Third Conference on Sonic Boom Research, NASA SP-255, October 1970,

pp. 285-295

Landahl, M., Ryhming, I., and Hilding, L.: '"Nonlinear Effects on Sonic
Boom Intensity.”" NASA Second Conference on Sonic Boom Research,
NASA SP-180, May 1968, pp. 117-124.

Landahl, M., Rylming, I., and Lofgren, P.: '"Nonlinear Effects on Sonic Boom
Intensity." NASA Third Conference on Sonic Boom Research, NASA SP-255,
October 1970, pp. 3-15.

Ferri, A. and Ismail, A.: '"Report on Sonic Boom Studies - Part I -
Analysis of Configurations.'" NASA Second Conference on Sonic Boom Research,
NASA SP-180, May 1968, pp. 73-88.

Ferri, A.: '"Practical Aspects of Sonic Boom Problems.'" NYU Report AA-70-22,
September, 1970, and presented at 7th ICAS Congress, Rome, Italy, September,
1970. Also presented at NASA Third Conference on Sonic Boom Research,

NASA SP-255, October 1970, under title "Airplane Configurations for Low
Sonic Boom," pp. 255-275.

Whitham, G.B.: "The Flow Pattern of a Supersonic Projectile." Comm. Pure
Appl. Math., 5:301-48, 1952,

Whitham, G.B.: "On the Propagation of Weak Shock Waves.” J. Fluid Mech.
1:290-318 .

Lighthill, M.J.: "Higher Approximations in Aerodynamic Theory." Princeton
University Press, 1860.

Hayes, W.D.: ''Linearized Supersonic Flow.'" Ph.D. thesis, California Institute
of Technology, microfiche available, North American Aviation, Inc.,
Aerophysics Lab., Rep. AL-222. Reprinted, Princeton University Aerospace
Mech. Sci. Rep. 852.

Carlson, Harry W.: "An Investigation of Some Aspects of the Sonic Boom
by Means of Wind Tunnel Measurements of Pressures about Several Bodies at
a Mach Number of 2.01." WNASA TN D-161, 1959.

Carlson, Harry W.: "An Investigation of the Influence of Lift on Sonic
Boom Intensity by Means of Wind Tunnel Measurements of the Pressure Fields
of Several Wing-Body Combinations at Mach Number of 2.01." NASA TN D-881,
1961.

Hicks, R., Medoza, J.: "Prediction of Aircraft Sonic Boom Characteristies
from Experimental Near Field Results." WNASA TM X-1477, 1967.

Ferri,A. and Wang, Huai-Chu: '"Observations on Problems Related to Experimental
Determination of Sonic Boom.' NASA Third Conference on Sonic Boom Research,
NASA SP - 255, October 1970, pp. 277-284.

27



13.

‘14,

15.

16.

17.

28

Walkden, F.: "The Shock Pattern of a Wing-body Combination Far From the
Flight Path." Aeronaut. Quart. 9:164-94, 1958,

Carlson, H.W.: '"The Lower Bound of Attainable Sonic Boom Over-pressure
and Design Methods of Approaching This Limit." NASA TN D-1494,0ctober 1962.

Hayes, W.D., Haefeli, R.C., and Kulsrud, H.E.: "Sonic Boom Propagation
in a Stratified Atmosphere with Computer Program." NASA CR-1299, 1969.

Edney, B.: "Anomalous Heat Transfer and Pressure Distributions on Blunt
Bodies at Hypersonic Speeds in the Presence of an Impinging Shock." The
Aeronautical Research Institute of Sweden, FFA Report 115, February 1968.

McLean, Edward F.: 'Some Nonasymptotic Effects on the Sonic Boom of
Large Airplanes." WNASA TN D~2877, June 1965.



STATION
X(FT)

«00000
5.00000
1000000
15.00000
20.00000
25.00000
30.00000
35.00000
40.00000
45.00000
5000000
55.00000
60,00000
65.00000
70.00000
75400000
80.00000
85.00000
90+00000
95.00000
100.00000
105.00000
110.00000
115.00000
120.00000
125.0000C
130400000
135.00000
140.,00000
145.00000
15000000
155.00000
160400000
165.00000
170.00000
175.00000
180.00000
185.00000
190.00000
195.00000
200400000
205.00000
210.00000
215.00000
220.00000

225.,00000
230.00000
235.00000
240.00000
245.00000
250.,00000
255.00000
260.00000
265.00000
270.00000
275.00000
280.00000
285.00000
290.00000
295.00000
300.00

FUSELAGE
RADIUS
RIFT)

«00000
103617
164482
2+15532
2461099
3.02978
342136
3.79166
4e18468
4e48325
480948
512499
543107
5.72875
6.01889
630049
6457290
6.83722
709435
734506
7+58997
7.82964
8.06452
829503
8.52152
8eTH43]
895296
913796
9.30072
944239
9+56392
9.66600
9+72976
FeT4L22
970294
961763
9.48824
931796
Pell026
8.86890
8459789
8.30156
T+98447
7-65147
730760

6,95810
660833
6426364
S.92921
5+60980
5.30930
$.03033
4TINS
453641
%+31300
4«09148
3.85181
3.55963
3.14988
2446332
0.0

TOTAL
EQUIV.AREA
AE

«00000
355640
8:96156

15.38765

22.58173

30.40679

38.7Tun4

47.62203

56.90239

66+57848

76462030

87.002a8

97.70546
108.70971
120.00000
131.491n9
143.10721
154.84836
166.71455
178.70578
190.82203
203.06332
215.42965
227.92101
240453740
253.27882
266414528
279.13678
292.25330
30S.494a7
31886146
332.35308
345496975
359.T1144%
373.578)7
387.56994
401.68673
415.92857
43029543
444478733
459.40426
4The14622
489.01323
504.00526
519.12233

534..36443
549.73156
565.22373
580+84093
59658317
612.45044
62844274
64456007
660080244
67716985
693.66278
71027976
727402227
T43.889A1
760.88238
778.00

Table 1

FUSELAGE WING AREA
AREA *WING
AF(SQ.FTa) AWISQ.FT,) AFWI(SQ.FT.
+00000 +00000 «00000
3.37297 «00000 3.37297
8.49935 «00000 8.49935
14.59399 «00000 1%.59399
21.41702 «00000 21.41702
28.83848 +00000 28.83848
36, TT76455 +00000 36077455
45.16580 +00000 45.1658G
£3.96750 +00000 53.96750
63,14452 +00000 63.18452
72.66841 «00000 T2.6684%1
42.51557 «00000 82.51557
92.66605 +00000 92+66605
103.10272 «00000 103.10272
113.81069 «00000 113.81069
124,70909 «00000 124.70909
135,72608 «00000 135,72608
146.86166 «00000 146.,86166
158,11582 «00000 158.11582
169.48857 +00000 169.48857
180.97989 «00000 180.97989
192,58981 «00000 192.58981
204.31830 +00000 204.31830
216.16539 +00000 216.16539
228,13106 +00000 228.13106
240,21531 «00000 240.21531
251.81580 «00000 251.81580
262.33020 «00000 262.33020
271.75848 «00000 271.75848
280.10065 +00000 280+10065
287.35672 «00000 287.35672
293,52362 «00322 293.52685
297.40892 1.26696 298.67588
298,11031 4eTU26T 302.85298
295.77173 10.27847 306.05019
290.59353 17.66304 308.25655
2p2.82697 26.63158 309.45855
272,76670 36.87343 309.64013
26074234 48.04102 308.78337
247.10927 59.75972 306.86899
232.23829 71.63831 303.87659
216.50557 83.28044 299.78601
200.,28223 929467 29457690
183,92436 104,30555 288.22991
167.76402 112.96305 280.72706
152,10056 119.95144 272.05199
137.19335 124499733 262.19067
123,25469 127.87677 251.13146
110.44454 128.42117 238486571
98.86529 126452257 225.38786
88,55741 122,13829 210.69570
T79.49544 115.29517 194.,79061
71.58379 106.09401 177.67780
64.65091 94+ 71567 159.36658
58,43982 81.43113 139.8709%
52.59094 66461950 119.21044
46.61008 50+80186 97.41195
39.80701 34470598 T4.51299
31.17004 19.39856 5056860
19.06296 6.606478 25.66774
0.0 0.0 0.0

FUSELAGE LIFT DUE TO LIFY DUE TO LIFT DUE TO
WING+FUSE, ST
XLE

FUSELAGE
) XLEF

+00000
18343

16.08480
15.80320
15.38083
14,.83373
14,17982
13.43842
12.62970
11.77411
10.83185
10.00226

9.12342

8,27161
7.46092
6.,70290
6.00625
5.37654
4,81597
432316
3.89290
3.51588
3.17810
2.86003
2.53477
2.16480
1.69510
1.03669
0.0

WING
i

«00000
+00000
«00000
«00000
«00000
+00000
«00000

+ 00000
«00000
+00000
«00000
«00000
+00000
+00000
+00000
+00000
+00000
+00000
«00000
+00000
«00000
+»00000
+00000
+00000
+»00000
+00000
+63510
2.54041
$.71592
10.16163
15.87755
22.86367
31.12000
40.64653
51.44326
63.51020
T76.84735
91.45469
107.33224
124.48000
142.89796
162.58612
183.58449
205,77306
229.27183

254 .,04081
280407999
307.38939
335.96898
365,81877
396,93877
429.32898
462.98938
497,91999
534,12081
§71.59183
610.33305
65034448
691.62611
738.17795
778.00

+00000
+18343
46222
«79366
1.16871
1.56831
1.99989
2,45623
2.93489
3.4339
3.95189

4 48760
5,03961
5.60698
6.18931
6478199
7.38112
7.98670
8.59873
9.21721
9.84214
10,47351
11.11134
11,75561
12.40633
13.06351
14,32947
16.80658
20.49482
25,39420
31,50472
38.82622
47,29384
56.85851
67.52807
79431340
92.22818
106.28842
121.51206
137,91842
155.52765
174,36023
196.,43633
215,77532
238.39526

262,31242
287.54091
314,09228
341.97522
371.19531
801.75474
433.65213
466.88229
$01.43587
537.29891
574.,45185
612.86782
652.50928
693,32121
735.21464
778,00

MODEL SCALE

«000
«181
364
oSH2
«723
903
1.084
1.26%
1,445
1.626
1.807
1,987
2,168

8.130
8,311
8.491
8.672
8.853
9.033
9.214
9.395
9.57%
9.756
9.937
10.117
10.298
10.479
10.659

10.840

ATION RADIUS
AMEING) RMUIN.}

«NOO
+037
«059
<078
094
109
o124
o137
150
162
o174
«185
196

29



o€

transducer 50 psiq

transducer 15 psia

Scanivalves, transducers 15 psid

=

||

I

Il

l
. "‘.:::E
RN |
r

; |
I

I

|

Fig 1. Schematical view of test set~up,



24

Z4

’Probe centerline

V4

£ onalh'd




=6 mm

. _17._—_1

i

Fig. 3 Design of yaw probe

32



133

10.840"

(275.4 mm)

4405"—»|

(H2mm) '\72°

Fig, 4 Design of airplane configuration

412"
(104.6 mm)




He

10.840"

(275.4mm)

(N2 mm)

"
4.405 ———-———-"\

12/

425"
— (10.8 mm)

——u-EE:::::_-___¥_

4405"

- AIRPLANE l AIRPLANE J
ZAODEL — '%‘7 -~ =X

Fig. 5a Moael design

\_— MODEL LEADING

EDPGE



M
< —T5e - —=

49

MEAN WING CHORD a=2.4°

~
~
/ /7 T APPARENT

P ]

— SOURCE
LINE
~
L | | 1 | L l | B
0 40 eo 120 160 200 240 280 320 360

Fig.

5b Airplane configuration corresponding to the area
distribution of the model of Fig. &



9¢

18

15

™

AA (FT®)
©

()

10

20 30 40
FT.

Fig. 6 Variation of Total Equivalent Area Due to the Jet Exhaust of an Engine
as a Function of Distance from the Exit of the Jet.

50



800

609 /
o - S W — / —
N | /
W TOTAL EQUIVALENT
< ARE A >/
400| )
LIFT WING AND
FUSELAGE| AREA FUSELAGE
200 ’ \/
/ /x
WING AREA—\ N
FUSELAGE
o urrz
0 e —
o 50 100 150 200 250 300
X(FT)

Fig. 7 Equivalent area distribution



8¢

Fig. 8

L ¥

-2

Sonic boom signature L = 300 ft, h = 60,000 ft, w = 460,000 1b,
M = 2,70 variable pressure program

X/



10— LB/ET®

I 1 1 | l l |

1

-200 -100 o 100 200 300 400 500
FT

-0
12

6¢

' - 2
Fig, 9 Sonic boom signature constant pressure prograpr'K\’P60’000 PSL = 1017 1bs/ft

600

700



800
600
FTt
200 7 ORIGINAL CURVE @ —
— — MODIFIED CURVE b
0
0 100 200 300

FT

Fig., 10 Perturbation of the area distribution curve M = 2,70, w ¥ 460,000, h = 60,000
L =

2,7
300

Lo



AP (LB/FTZ)

121

FT

800

™

Fig. 11 Sonic Boom Signature Corresponding to Area Curve B of Fig. 10

3|



Al

AP(LB/FT?)
|021r

-—-—CURVE a OF FIG.13, C;=0.055
——— CURVE a OF FIG. 13, G =0.066
~~—- CURVE b OF FIG.I3,C =0055

o8l

0‘4 -

-200 800

-044

-08 4

-1.24

Fig. 12 Sonic boom signature at M = 2.718 L = 300 £t, h = 60,000 ft, W, = 430,000 b & = 0.055)

W, = 516.000 1b, ( & = 0.066)



600

500 p4

400 J/

FT

300 /|

~——— CURVE a

===~ CURVE b
200 -

100

0 50 100 50 200 250 300 350
FT

Fig. 13 Variation of equivalent area distribution corresponding
to curve ¢ of Fig. 12

43



”ETT
o]
a
a } o
ap a
a . I @0y A -
- a
a
<] L e ]
o A .
o) (-] [}
8-0° O‘T_G S am
(@) [
A L2y "&r QAOA oA i
A Mﬁ
v o} g
&op s v ﬁa
") )
D v AO ov A
A v A v
5% 0 %
(94) ? v o A
Vv v v v
v VVV% V v
K
+€ vv /
v v v
10% O | _ Vw
(v) v
¢ v
r/Le=0.27\ T
=2.6° v
a=2.e At =0.5°
175 225 2795 325 ) 375 B 425 478 525
X(mm)

Fig. l4a Experimental values of ¢ as function of distance
Ll at several meridian planes r/Lgo = 0.271 o =2.6°



——
6
o
o0 d ©0 ° o OJO ) [ ] o
4] -0.
° e
0 e i
o]
8=18% O|—o—
(o e}
) ° o @ °lm
Ba 8 g HA o
Q obdj a a °
B a
B
a 0 n a
20° 0 4 ) ) A
(@)
A “ AA
AAA
A AAAAA a
A A a 8
23% O} o t
(a) 1/Le=0.271 l A 1
Qs 2.6° -£ Agso.>
| A
175 225 275 325 375 425 475 525
X (mm)
L5

Fig. 14b Continued



o]
oo |0 Y e
°
4 000 o fo) d
oo ° o
© OQ
a ()
6-3050 . 8
(o)
e 8
c]
Emmﬂaamm ﬁ B @ 4
) | W
ol o a
o
A o] 8 o8
o8 A
35% 0 }o— 'JIT
(o)
A
AAp 1A 132 A
\
4 afaap A | A A
a, A @
+¢ AA
I A
402 04-A -
(A) Je A
3 1}
/Lo=0.271
a=2.6° A%=0.5°
175 225 275 325 375 425 475 523
X (mm)

L6

Fig. l4c Continued



)
® boO
°°o°°oooq °® °
o T °, v °
6 o ooo
[0 (]
° . ° o
gx45° Ol -
(0) a Og
o a9
Bp (O @
m| a®@Ej a
A _ o
o
o] A 0] P o %E o] A
a o]
a
502 Oho L
(=) A A
AA
a\
AA AAAAA C
A A
Aa A AAA
+€ A aA
t A
§5° 0 1 ) AL
(a) A
-€ A Zs[&
/Lez0.271 t
a=2.6° A€=0.5°
175 225 275 325 375 423 475 525
X (mm)

L7
Fig. 14d Continued



° °
°a
o
° @
00
°°oo37
°
eo a 0 ® 90 o
o) B ©
8= 605 04~
(o) B [
)
ml o 8084 °©
A Q o]
ood pBdEa
ne
65° O x A
(@) A
A AA
o
Aap28aan4
l<lC]
+€ An A
] addfa™
702 O
(A) |
-£ A
r/Le=0.271 f AAJ
a=2.6° A€=o.50 ;
175 225 275 325 375 425 475 525
X (mm)
48 Fig. l4e Continued



G |
Ga ol oc Ta

: . ' B o & 0®
g=75* o ‘ o~ e
o) | ‘
‘ | m_
o} i B (<]
Bp B i
t X o
. 3 Eme; o
jofl us
d I I l& © = = ‘ :EEI:J;3
807 O =
(=) ! |
a i
-
f= ) c]
r/Lo=0.271 1 B
a=2.6° Af=o.5°
\75 225 \ 275 345 375 425 4TS 525
X {(mm)

Fig. 14f Continued
kg



902 O
(2)

50

Fig. l4g Continued

o
o
P
I~
°. lo
o o
2 °T o 0661 o
o
B L °°°°o°o
J a
fa} o L
ppo F’T a
B B Dpg °0
+€ a
o]
-] d | Lt
- i%
3
5]
ol
l’/Lo=0.27l ’ EB
a=2.6° A€ =0.5°
175 225 2757 325 375 425 475 525
X (mm])



°°ooo°°°°°°°o
59 Ol-olgb-tonoaapoooeig i laadang — Em
] a [afia! a 93
o)
I0f, O—9o0Lgo00 ~ 00°doo o
o
o) ° 0 @jo
oL, TL
8oEagnm
o] C
155 O n%mnor _"'r T —T 5
o] 0o
BEEE mj
o}
QGOGOC
20",0__0_(:1_3_07 OG 5
GQ o opoo
QE' g”%g 1T o ©
a -
25°, OB G oG ARa-OEg-atay B o)
®a ma
Q Q
+0 c)(;CI (o] ﬁlcx a
303 Of Lo 5 5
| © 91 =
o o]
[ /Lo=0.271 t °
)
Q=2.6°(27°FOR| Ag=0.5°
8=10°) 1
175 225 275 325 375 425 475 525
X {(mm)

Fig., 158 Ex

perimental values of o as function of distance at several merjdian planes

51




o]
o ©
9:3530-&0-0-0-01 ﬁ 2
o]
g o ©
A ° 0lP%o
o] 3 a o} o} ©00® TD
40°% O Dyl el D e T (R D
? = Lrﬁm c P
\"A4 o) ®
V#7 =8 maﬂﬁgm

v v a OJ
60° Oz V¥ PR AvA npoog gpo

52

°oo°° : o

/Lo=0.271 ’ CECA A
a=2.6° AO=05°
0]
1 |
175 225 275 325 375 425 ars
X (mm)

Fig. 15b CGContinued

525



0=709 Olo

75 op B 8nnpin;

© ‘_0 )
80'0}_LL@44v336

0e®o0C

P O o

I C
o) E|3!3q

goplO

90¢ Ol%leo e

o600 °

P00

[©]

H

©]

BhmpEcooain

f/Le20.

a=2:6°

271

©
009§

(ol c o NolNe

175

225

Fig. 15¢ Continued

328

378

X (mm)

425

475

529

53



0
©
o
[
©
[~] o]
© 0000, 1)
®e @A [} o
1 A [}
9=O° ,O ] o] o— 5
(o) [c] IA A o]
A 0 A
o]
L7V 3
[} A °
"N v a A
4 ° v ‘% A
530 ——=a o C N
(A,B) A v 4 o
R2EN v
v o 2
VVveyvy v A
+€ v o
v v v
. v v
10°,0 \cd v
(7) v v
e \A4
r/L0=0.558 !
az=2.6° Ae=0.5°

350 400 450 500 550 600 650 700

X (mm)
Fig. 16a Experimental values 05 ¢ as function of distance at several meridian planes
r/L = 0.558, a = 2.6

54



—— R — 8
-
L]
® o
b _
. v Qo9 00looo [} TO
o] OJ a o
6s13°,0 — e
(o) o o
o °
DB _n
B odpopg o o
B g o
g " m
20°,0 B =
(=) A
A A
y. A
Ay o | A n
B A Z§IL¢34§AX A A
A
a, A A
25°,0 A A 4|
(A) A
v
4 v
_‘.\7,17_‘ _ VV =
T V v
V vVvVwy A7/
Vvly v {} v
30°,0 g L e v S—-A 4
(7) |F/Lo=0.558
a=2.6° Ae=05°
350 400 450 800 550 600 650 700
X (mm)

Fig. 16b Continued



(] [c]
_—H o ©
® 090060 06 o °
L 2P © ©
8s35° 0 —o— °- °
{o)
@
E‘JFF 8 a_o
B mfemg a o
n a
an ' o] o]
40°,0—af 9o B + 7
@’ O
A a]
AA
dﬁl A
A 3AA A
A A A A
AA A Aask
A
45° 0} ——A— ¢———ﬁA—A—ATL
(a) A
+e 4a
| v J vy
l VoV, v - v
—€ A A v
v, W
(V) | e /L0=0.558 T vo F
a=2.6° Ae=05° v
| b v
350 400 450 500 550 600 650
X(mm)

Fig. 1l6c Continued
56



(o] #o
P 20°,4g00
° ®
Qo
o0 ® 000
8=55°,0 e — 5 5o
(o) r J
i [ ]
[~]
__ . . m) B_ e
OBppg O
a m of Jb Bpg a
[0l ] &
<]
60°,0 O— - - nmB
(a) 5
A o} o
| N D A Bn
Ap
+€ AAAAAAAA A
aa A AAAAA
65°,0 A i . "
@) N
—€ A A
o . 9N
: A
r/Lo=0.558 T
a=26° A‘ 20.5°
350 2 400 450 500 550 600 650
X {mm)

Fig. 16d Continued



°s
#0000000 © ©
o (-
°
]
oo
8270°,0——0— ° ~
(0) e
o) [
julalio] ° o
+¢€ oewPopm o )
o_A
© g !‘Elm13
-]
75°,0 - A
(a) a

ANA A e
A AdAaa A LW

a
A
A
o A a Zilsé&éha
80°,0 A
(&) |r/Lo=0.558 '
a=2.6 De=05° A
AA
AA
A
350 400 450 500 580 600 650
X{(mm)

Fig. l6e Continued
58



—-
I
0000000400
®
° ° # o LN ) o
t;.aso’o___e 5 -
(o) )
°
a o"
o o] Aj’ Qo
+€ o) n ol I:? o) o] & ®
a (]

I o e o]
90°,0 -8 —a— 2 P
(2) L 2

i, A

r/Lo=0.558 }

a=26° Ae=0.5° B g

|

350 400 480 500 $80 600 680
X(mm)

Fig. 16f Continued



5%

108

350

‘o

-0

—-{-3-040-0-0-GG-)

OMOoNMONeWr W~

Gt aCan

20060

-0

a-=2.e°

r/Le= 0.558

T

A 0=0.5°

Fig. 17a

400

450

500

550
X{mm )

600 650

Experimental values of g as function of distance at

several meridian planes

700



40°'O oWoRE BoNcNoNolNc Mol W W W, W% Lﬂ-c,k

Qe
45‘.0 ooof'ovcoofooc n_ﬁ'oo

50?CA____4JILEUiIL@4L@45{}@1rgﬂgmlmEIgllu

0O

G

Q
-
e

55¢,

<)
2-2.L.-60-0-0—-0-0-000
#0
OG

6050 a, o

0000

O CpUCoDiocooo "ummm

g 30

r/Lo=0.558
a=2.6° AO=0.5°
350 400 450 500 550 600 650 700

X (mm)

61
Fig. 17b Continued



<
00 OG-0

o

f=70%0 00°%°0ROCA e oo
7 >
00000

75¢ O unF“HH“HUuunna“
1 'ﬂ'ﬂﬂ
hopaoid

000 O00oP oo O T

8520 nnunn

Loy OpEyC oo an

OEU

r/Lo=0.558
a=2.6°
A 0'=O.5°
350 400 450 500 550 600 650 700

X(mm )

Fig. 17¢ Continued

62



£9

1.6 -
¥ 6’{
X ‘Y
°
‘ [ ]
L2} ) x
8’ ° . X
x
L)
8 -~ X
» - .
%xog,q L % ’(oj,go .
X3 [ [ 4
x X b X X o
%
al ¢
X
Q °
. X s
0 o= $ + —— —— e —i
125 225 325 425 525
ox o
-.41 .
: 4
X °
-81
Fig. 18 Distribution of deviation angle ¢ at Eg 0.271, Cn = 0.055(a = 2,60), for different

L
o

longitudinal locations of the model

X{(mm)



19

16,

8 1 ¢ L]

° ] °

? s °
4 4 “ teag, Q
%a .
] o

0 + : +9 t ' +—+ —4

400 500 ¢ 600 é 700

% q 4

Fig.

19 Distributlon of ¢ for different longitudinal location of the model

r

L
°

= 0.558 @ = 2.6°



9-0504——% —0—8— a
(o) @ o A

5® 05— o -
(2)

10°,04—2 Al - 1
A) (r/Lo=0.27I a
( as3.|° é A('O.5'

| S -
7S 225 275 325 375 425 475 525

X(mm)

Fig. 20a Experimental values of ¢ as function of distance at several meridian planes
=3 20 r/L_ = 0.271
a . > ° 65




[P —o—
94 ° 004 °le
e ©° ° &
[
o]
a
8315°,0|—o®- 2 : —g
(o) o ol ® 8
ula ]
a 8707 I A E’,L
a
jol [n]
+€ A
A
- 4
20°,0 A
(@) anl & ol a
A
AAA .
—€ A A
A p R
A A
A
A
2520 A—A :
(A) |r/L0=20.271 A T
a =31°(3.2° FOR 8=20°) Ae=05°
] ,
175 225 275 325 375 425 475 525
X (mm)

Fig. 20b Continued

66



°
ol
o °
)
°
°
(X eog ¥ °
° 0 °
e
. A
°
9=30°,0$———° T Y @
(O) a ® n @ o
IE!EIkﬂ E,":'ml'.'l ra a °
a
o] A B a
+ ¢ B B 8
T " °
35°,0 -0 A -
({@)] l 4& A N o
e dDaal A a EL A A 4
h Ala A
A
AA 2 A
A A A A A
40°,0 b
(A) |[r7L0=0.27I f
a=32° Ae=205°
| l i
175 225 275 325 375 425 475 525
X (mm)

Fig. 20c Continued

67



(] o °
P o )
)
®%000400
q o O
°
° ° 4 ooo
° o o
8-45°o¢r+ 2 £
(o) -
Bpp| @ a
o]
® e A 5 a o8-
a
+¢ Bg A 2 EE B
4# g8 B
B o
50°,0 pi2
(a) _L A )
A
AAAAAAAAA
A a A
A haa A
A A A A
55°,0 A -ad
(a) |r/Lo=0.271 ’
a=3.2° Ae=0.5°
| A
175 225 275 325 375 425 475 525
X(mm)

[}
o

Fig. 204 Continued



65°,0%

(2)

70°,0
(a)

o
e
. 4
°.
@ o
___,QQ °e°°$ a8l e
©o ©°qo00,
o °
)
B 9
)
B © a
]
m @ on,  £& )
. — g 5
Do aodap”
o €
A
;4 -
~e o a
aan ja $
a A AAAAA = . S
AA A AAAAAAA
A
- s
r/Lo=0.27I t
a=3.2°(3.1* FOR . 50
6=65°) Ai 05 A
. y
175 225 275 325 A3?5 425 475 525
X(mm)

Fig. 20e Continued



6o 09°00
[ -]
8:75°,0°¢ -
(o)
o
mﬂuﬁmﬂmnm B
e ° J
+€ e a8apo
1 I °lo 8"
80°,0°
T
— ¢ B
t/L0=0.27I }
a=3.2°(FOR 8275°) | A (2050 a
a=3.1(FOR 6=80°) ‘ @
1
175 225 275 325 375 425 475 525
X (mm)

Fig. 20f Continued

T0



(2)

A D
00 o
-——o'o—a—r‘%@?g—'g*ﬁ -
]
° ®d000
>} 2]
a=85°.o+f——-w» el S
(o)
Bg L o
B Oga
+6€ a8 a o °
I mnnﬂmm
9oo’o¢_ l - ®
' 1 7L
ojo
o , n
]
)
r/L0=0.271 ! A
a=3.1° Ae=05°
l 5]
175 225 215 325 g 425 475
X{(mm)

Fig. 20g Continued

525

1



9=0’, (o]
5.'0 [3] Jﬂ:qgunﬂi:tﬂﬂl."a
o] [c]
- Rl BEE
°
®o0o0do
wgo__anJAAAno%40400%~ — :
°oloo ©
©
BaPada °
159, O -84 U L s et 000 —
EE oo
al® a
o
0909# # B O
207, 0 °0 °
®°e ? o ©
%Eaﬂag o
250, 0, ° o
T DR °
X G
+0 T © a ? a%@an
n
30°, O] 300 4
) L
e ©
-0 ° “eo
f/Le=0.271 f °
@=3.1°(3.2°FOR Aoc:05° Qe
8=20%30°)
178 225 275 325 3rs 4285 475 528
X (mm)

T2

Fig.2la Experimental values of ¢ as function of distance at several meridian planes



g-3350 _©°%4do >-9-C —d—

Omdo . 2 e
40"09 v g

v gpgob
45% 0| 2YVVoReprat - = =

A
509 oA 244 — v

Q0
554 O—a—w ] W
! 09 (Y aa oV

alop
60’-0—‘4-“%%@ o | 53600000

v Vv a
65°, ogp_‘tzy;mal_w_W m ©
VYvvw v mu?ummﬂ

[ r/Le=0.2T1 v
@=3.29(3.1° FOR \AAA AAAA
6:65°) v

178 228 275 328 375 425 478
X (mm)

Fig. 21b Continued



© o
°
9 L ) © ° *Of
°
)
Gagg @ ° °
75°% Ofc o) r] - B
TPG o]
8 9 00090
P, o
a
Q
174 pEagPloen
[<] vv
e
8520 Mﬂ"’%@'ﬁ" Vv _
+o ° v
o i'Vvva AAAL
o
90304 188 0an g0 B - g
a ®e%qgdo
a a oo o® D 00 GO
-c 3}
) ]
r/Le20.27 1 pad g
a=3.1°(FOR g=70° a ogBoea
0:05° a8
7%°, A =3.2°) Al 05 E#
hg.] 225 275 325 375 425 475 525
X (mm)
Fig. 2lc¢ Continued

T



N
R
_ A7
[
g=05 © Y P vl —%
(Z70) ‘2k? £+
B
a \/
a
o
a
f o
Eun..}
BBEGB o
+€ O o
' g Bp
59 O a 3]
(=) | a 8
-£ Bg
Q
/Le=0558 a
Q=32° A¢ =05°
350 400. 450 500 - | 550 600 650 700
' X (mm)
Fig. 22a  Experimental values of ¢ as function of distance 75

at several meridian planes




o
[
bP o
(<
° %
ﬂ 900 Q
(<}
[ JP°Y L]
8=10% 0 °
(o) o o
o]
[
4
\4
Al
v
v
v y
€ v \4
T " ”
155 0 . AN S - A
@ T .
= \
\4
M/Lo=0.558 ‘ - o ?f ]
a=3.2° Ag=0.5° v
350 400 450 500 550 600 650 700
X (mm)

Fig. 22b Continued

76



[ ]
o
ﬁ o
b [c]
AETQ ° —O- —-—
0900 o T
oo o
20;0 o —e
(0) r]
n a
a
| - - —0)
T OOg olong A = [ ]
B, o
<
25% 0 a
(@) v ]
7 vw v
o <7 [<]
7 — v —V =
VVVV YAA </
I 'Y
300 v
() 1 v
-e
r/Le=0588
0=3.2°
Ag20.58°
350 400 450 500 550 600 650
X (mm)
Fig. 22c¢ Continued

700

7



Y
é_a [ /] o ©
o -—
©®%0pog #o o |°
° e
o o i
0=3520 © S
(o) G
i [}
o ‘, °
B Om
o o
B Bnpaao EJ
T (c] ) 5
o a a |
407 0 . N T S—
(m) o A
AA 5 R
+€ A
AA A A
t A 4 aasl a &
43 0 : A s
(A) l ?
-€ v -\ v
v
v
v 99| Wy v
Vv v v, v
‘7 ‘7 ‘7‘7 ‘
50% 0 - 2
(9) r’/'Le=0.558 v o
a=3.2° AE=0.5°
l v
350 400 450 500 X(m 5)50 600 650
m

Fig, 22d Continued

T8




¢
o
[ o
o @ ¢ ) ®oo P °
° ° OJ# ° ° e
o
=557, 0 . oo
(o) [ e
o9
,
u: ] a
a
a @gbpgm
8 [ ]
Ba o e
60° 0 B eped ®p
o
(3)
A {f B g
a |
A o A
A
se  [A4%aan A
] a A
657 0 A 4444 44
(a) l A
' pooa
/Le=0.558 f Bal
aA=3.2° Al:=0.8°
380 400 450 500 580 600 650 T00
X{(mm )

Fig, 22e Continued



o9
[
[
° °
8 o e%co, B °
° - ]
(<
0
8:70% 0 °° d
(o)
Ome L
@ aGdag A |° %o
[c ] a a Ei
75¢ 0 & a®®%%a
(o)
4
€ Pa Maha, Lot
A A
80°%0 A
(A) l A
‘e
AA
r/Lo=0.558
[ ]
@=3.2 A€ =050
350 400 450 500 600 650
X(mm)

Fig. 22f Continued




o
[«
| . . #
obe ooéeo
o )
° 9 o4
f6=8520L_ L ISR . o “Cepy,
(o) °
(o]
8 (o]
S °
o]
a 00,
o 0O
+€ o} Bﬂﬁ'unm @
a a “on
QOQOE-_L - . ) - oM g
@ [ | a
-t o
b
r/Lo=0.558 t o o o
@=3.2° Ag=0.5° a
a
350 400 450 500 550 600 650
X{mm)

Fig. 22g Continued



820°,0

5°,0

|0°o CaCaC R BCRCACECEONYE <R R < ovr( W
’ Gepoo®ogjoe

° O oo -
15°,0 mwmﬂ—h%ﬂ?mmﬂgm 555

PID
20°,0 000040000 o 0T 05 ° s
G]O 00, o
Go
25°,0 HEI-EDE—E—E e o
3030 66060
o
35°,0 -0 oo Eor-E =2 s
t/Lo=0.558 Bognl, LE{0c0
a=3.2° Aoc20.5° o
350 400 450 500 550 600 650 700
X(mm)

Fig. 23a Experimental vaygss of g as function of distance at several meridian
planes , a = 3.27, r/Lo = 0.558

82



Aoc=05°
%o ‘
6240°,0 .. o)
®opq0 c©do00
' ®s0
45°,0 o SLL
’ Lo [}
Pnpy| oDooOfono
o}
50°,0 0O OO OYC PO °9
o
o i °OoJ°°°°°b°°
55°'o ““ﬂuucnnccuy‘
muﬂu mnmeGEpRon
o °°°°"°ﬂaooo
60 :o .....+""' Oeego ?o coopoo
[ ]
00
65°o——&u—“m—uﬁu1r-r-r5Lfr;
’ OpomOma “uuu .
. 5o, tannBoPog
+0 , o

70°,0 00

(o2~ Py
00900goq°°°°°#°
lo
75ﬂ0——*ﬂ@@@@1114ﬁummm oa
r/Lo =0.558 B8 ngpng
as3.2 ﬂﬂm+mmummumu
350 400 450 500 550 600 650 700

X(mm)

Fig. 23b Continued 83



Ac=05°
. ° ————0-0-01000 01T 1
t’ 80 a() Qo 000l 060%o0 o
+o ojooeCOq
85°0 piataip-gogcpogce: T
? [
r Onm cIEIEIE oo0oa F opEoajpn
‘o
90°,0— %999 ovogOoOv o
r/L0=20.558 oP®oo000jpooco 600 0boo
a=3.2° ﬁ ° T
350 400 450 500 550 600 65 700
X(mm)

Fig. 23¢ Continued

84



S8

C
Fig., 24a Schlieren Photographs at o = 2.6, 6 =0



98




L8

Fig. 25a Schlieren Photographs at q = 3.2Q, 6

o



88

Fig. 25b Schlieren photographs g = 3.2°, § = 90°



68

DISTURBED
FLOW -POSITION b

SHOCK

FREESTREAM

POSITION a ™ -
\w[r\ \\\ Imm
~
~
\\\
4
SUBSONIC \\
REGION
ZONE WHERE INTERACTION IS PRESENT

Fig. 26 Determination of region of interference between probe and shock



90

™ ™
[=] ©
N &

(I

= |

N — Lo B —

I o //'-— o L
x| o - NN — e o —

Fig, 27

Pressure distribution on a hemisphere, Mb= 4.6 interacting
Arrow indicates

with a shock that deflects the flow of 5 .

point at which disturbance meets model surface.



16

£ CURVE | ® st RUN
124 X 2nd RUN
— CORRECTED
8l ----CHARACTERISTIC
- THEORY
[
41
0 . } X (mm)
400 \/
-4 LOCATION OF SHOCKS .
FROM SCHLIEREN PHOTOGRAPHS
-.81
-1.2]

Fig. 28 Distribution of ¢ at r/L = 0.558, o = 2.6°, § =



1.0

i | []
THEORETICAL DATA, M 2.7\5
EXPERIMENTAL DATA, NJ 2.718
.8 |
6= 0° PLANE
az 2.6°
. > (1/L) gy p=0.558
N
(0,
.4 ° °
.2
(o]
0
1.3 1.4 1.5 1.6 1.7 1.8
X/L

Fig. 29 Comparison between experimental and calculated values

92



o ‘[
—— THEORETICAL DATA, M 2.7I5
© EXPERIMENTAL DATA, Mg* 2717 .
i
6=0° PLANE
Py a=3.2°
- o r7L=0.558
O\ ©
0
\ °
R (R [c]
©
N
(0]
"\
1.4 .8 1.8 K .8 1.9 2.0
X/L
93

Fig. 30 Comparison between experimental and calculated

values



16

1'°

r
las
——— NONLINEAR THEORY
.—.— EQUAL AREA CUTTING LINE -
AND DISCONTINUITY FROM REF. 7 -
03 L 6 ~ ~
/ // ~
Fly) — —
~ /
02| |
EXPANSIONS

ZERO DEVIATION

Ol L.
0- } : 4
14 1.6
X,Y(mm)
<0l .
-02 1

Fig. 31 Double values of F (y) for come cylinder



g6

Fly)

—— DATA FROM EXPERIMENTS
———--"CHARACTERISTICS THEORY

N

4 Y(mm)

Fig. 32

Distribution of F function as function of y corresponding to curve 1 of Fig.

300



Fly )

4 Yonni

-04.

-08 -

-12l

ogm
-
-
-

50 100 150 ' 200

Fig. 33 F (y) used in the analysis corresponding to curve 1 of Fig. 28, o = 2.60, r/L = 0,558

250



L6

AP(LB/FTY)

L5 T
0l
S 4
0 + .
-QG - 0?4 —
X/Lo
‘-SJL

Fig, 34 Sonic boom signature at r/L = 200, for L = 300 ft and L = 0.555, variable density program
(Curve 2 of Fig. 28)



86

T
L APx10®
1ed
= 1.0
rs
8l
T l—CURVE | d
-t *-—1+——CURVE 2 FI16. 28
0 - + } } | } y F } 4
-200 -100 0 100 200 300
T X-Br (mm)
- 8L

Fig. 35 Sonic Boom Signature (constant pressure) at r/L = 200 Kp = 1017 1b/ft2



20

AP .3 —— SECOND ORDER THEORY

i
= XxI10
P ----‘ﬁ“NEGLECTED
1.6 ~— :
LI —:—LINEARIZED THEORY
| TS
.2 4 |
| <.
.8 . : \I\
| +CURVE |
4 . |
l
oll L
200
X-Bri{mm)
-41
8 Fig. 36 Comparison of Sonie Boom Signatures for several types of analyses r/L = 200



001

—-—CURVE 2

z‘°T g° *FIRST RUN
°SECOND RUN AT DIFFERENT ~—~°°° CURVE b
16 4 *THIRD RUN POSITIONS £
,E\
™2,

8 L .‘*4\ {\.{ - \ oX
e T N\
. N :

LN N N
235 \/\( = f\\ et Xlm)

RN 2 o":
188 395

L

X
(-

SHOCK POSITIONS
-4 MEASURED FROM .
SCHLIEREN PHOTO. \

-8l

o .
Fig. 37 Measurements of deviation angle of SST model at r/Lo= 0.271, ¢= 0.055, o = 2.6 at several positions



.%’,,,o' ----- BY CURVE |
BY CURVE 2

-4l

101

X- Br(mm)

Fig. 38 Sonic boom signature for g = 2.60, € = 0,055 at r/L = 200 from data at r/L = 0.271, Kp = 1017 1b/ft:2
o o



201

167 3
80
24 !
N ASSUMED

41

o1+

-4 SHOCKS LOCATED FROM
SCHLIEREN PHOTOGRAPHS

-8

-2

Fig., 39 Assumed distribution of g at r/LO= 0.558 @,= 0.066, o = 3.2°

° DISTRIBUTION



‘327 F(y)

084

-08 |

'12"JL

€01

Fig. 40 F(y) curve for g = 3.2° from data at r/LO= 0.558



701

16. Z& P 3
[ S x10
12l
8l
4l
0 - +
=200 -100 0 100 200 \?00
-4l X- Br(mm)

0L02-4D

. . . o 2
Fig. 41 Sonic boom signature for o = 3.2°, § = .066 r/L = 200 Kp = 1017 1b/ft



