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FOREWORD

) This Phase |I-Final Technical Report is submitted in fulfiliment of the requirements of
Contract NAS1-~11100 and reports contract effort from May 1972 through March 1973.
Phase Il consisted of the detailed design of a composite-reinforced C-130 center wing box,
and the necessary analytical and component test substantiation of the selected design.
Prior to initiating the detailed design phose of program activities, extensive advanced
development work was conducted in Phase |. This program activity was previously reported
ir NASA CR-112126. Subsequent program phases include fabrication of three C-130 center
wingc boxes, selectively reinforced with boron-epoxy composites, and ground/flight
L acceptance tests of these structures. One of the wing boxes will be subjected to a complete
static and fatigue test evaluation. Two of the wing boxes will be flown on C-130 aircraft
for a period of three years to demonstrate the long-time capabilities of such composite
utilization.

This contract is.conducted under the sponsorship of the Materials Application Branch of
the Materials Division of the NASA Langley Research Center. Mr. H. Benson Dexter,
Composite Section, is the NASA project monitor. Mr. W. E. Harvill is the Lockheed-
Georgio Program Manager .

Major contributions to the work described herein and to this report were provided by the

following Loclkheed-Georgia personnel:
Design: J. S. Bowers
C. P. McElveen
R. W. Coleman
Analysis: D. C. Gibson (Static)
M. G. Huff (Fatigue)
H. R. Horsburgh (Fatigue)
J. N. Dickscn (Methods)
J. B. Bailey (Flutter)
R. S. Brown (Weights)
Adhesives: A. O. Kays
Materials & Processes: G. E. Davis
Cost/Producibility: K. M. Barre'
Manufacturing: E. C. Young
Structural Test: W. M. McGee
Reliability:. J. J. Duhig

Quality Assurance: J. B. Larsen



ABSTRACT

One of the most advantageous structural uses of advanced filomentary composites has
been shown, in previous studies, to be in areas where selective reinforcement of conventional
metallic structure can improve static strength/fatigue endurance at lower weight than that
possible if metal reinforcement were used. These advantages are now being demonstrated
by design, fabrication, and test of three boron-epoxy reinforced C-130 center wing boxes.
This structural component was previously redesigned using an aluminum build-up to meet the
increased severity of fatigue loadings. Direct comparisons of relative structural weights,
raanufacturing costs, and producibility can be obtained, and the long-time flight-service
-——— ————performanceof the-composite-reinforced-structure-can-be-evaluated-against-the-wide - — - —— —
background of meial-reinforced structure.

The first two phases of a five-phase NASA program to demonstrate the long~time flight
service performance of a selectively reinforced center wing box have been complefed.
During the first phase of program activity, the advanced development work necessary to
support detailed design of a composite reinforced C-130 center wing box was conducted.
Activities included the development of a basis for structural design, selection and verifications
of materials and processes, manufacturing and tooling development, and fabricaticn and
test of full-scale portions of the center wing box. Phase | activities huve been previously
documented in NASA CR~112126.

Phase !l activities described in this report consisted of preparing detailed design
drawings and static strength, fatigue endurance, flutier, ond weight analyses requived for
Phase Il wing box fabrication. Some additional component testing was conducted to
verify the design for panel buckling, and to evaluate specific local design areas.
Development of the "cool tool" restraint concept was completad, and bonding capebilities
were evaluated using full-length skin panel and stringer specimens.
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LIST OF SYMBOLS AND ABBREVIATIONS

Description

Cross section area

Aluminum

Coefficient of thermal expansion
MWidth

Column end fixity factor

Centerline

centimeter

. Deflection

Incremental chonge

Strain

Stress

Temperature in degrees Fahrenheit
Shear modulus of elasticity
Gram

Mercury

Frequency

Moment of inertia

Inch

Temperature in degrees Kelvin

One thousand pounds force

One thousand pound force per square inch

Quality level (see poge 2)

Xiv




Sxmbo|
L

ib.

L/t

piw
psi
psig

RT

s.f.h.

- Newtons per meter width™

Descrip'rion' |

Length

Pound (mass or force)
Length to thickness ratio
Meter

Newton (force)

Newtons per square meter

Column load per ii.ch width

Shear flow parameter

Poisson's ratio

Micro

Load (force)

Pounds force per inch of width
Pounds force per square inch
Pounds force per square inch (gage)
Ratio of minimum stress to maximum stress
Room Temperature

Stress

Simulated flight hours

Temperature

Thickness

Aircraft limit (dive) speed

Xv



Symbol Description

W Weight
w Deflection
W.S. Wing station

Subscripts

A, e _Aluminum (also used as superscript) o
B, b Boron-epoxy {also used as superscript) -
cr Critical
i " clement
i jth element
m Mean
o Operating temperaiure
R Restraint load
ST Steel
v Varying
1, 2 Normal to and in the plane of cross-section
12, 21 Refers to major and minor Poisson’s ratio

XxVi



PROGRAM FOR ESTABLISHING LONG-TIME FLIGHT SERVICE PERFORMANCE
OF COMPOSITE MATERIALS IN THE CENTER WING STRUCTURE OF C-130 AIRCRAFT
| PHASE || - DETAILED DESICGN
By W. E. Harvill, J. J. Du'hig, and B‘. R. Spencer

.0 SUMMARY

One of the most advantageous structural uses of advanced filamentary composites is in

areas where selective reinforcement of conventional metallic structure can improve static

— strength/fatigue endurance at lower weight than would be possible if metal reinforcement
were used. The first two phases of @ five-phase NASA-program-to demonstrate_the long-

time flight service parformance of o selectively reinforced center wing box have been
completed. During the first phase of program activity, the advanced development work
necessary to support detailed design of a composite-reinforced C=I30 center wing box

was conducted. Activities incluad the development of a basis for structural design,
selection and verifications of moterials and processes, manufacturing ond tooling develop-
ment, and fabrication ond test of full-scale portions of the center wing box. Phase |
activities have been previously documented in NASA CR-1 12126, Reference 2.

During Phase I, the basic C~I30E aluminum center wing box design was changed by
removing aluminum and adding unidirectional boron=-epoxy reinforcing laminates bonded to
the crown of the hat ctiffanars and ta the skin under the stiffeners. The laminates were
added in a nominal 80/20 areo ratio of aluminum to boran~epsxy . Sufficient material
was provided to meet ultimote laad requirements of the C=130E wing box and the fatigue
life of the C-130 B/E wing box{—Laminates are tapered out at the rainbow end fittings
and access door opanings by progressively stopping individual plies of the tape.
Fasteners are used at the ends of ithe laminates to prevent peeling. Adequate bearing
surface is provided in fastener penetiation areas by titanium doublers integrolly bonded
into the laminates. Careful design and manufacturing techniques were used to
reduce the number of fasteners (particularly blind fasteners) which penetrate the
laminates, thus minimizing potential installation and inspection problems. A totol of
129 detailed design drawings were prepared for initiation of the production program.

Applied design loads upplicable to the Model C-130 B/E extended service life
airplane were used to establish internal load distributions for static strength analyses.
Surface pressures were obtained by combining surface airloads, fuel inertias, and surface
crushing loads due to wing bending. Thermel residual stresses due to adhesive cure
techniques and operating temparature exiremss were added to the applied internal loads.
The compasite elements of the upper and lower surfoces were analyzed for combined
tension~shear and compression~shear interoctions using o specially developed computer
program for composite structures. Maodes of foilure included general instability, local
instability, ond principal siresses. Inallcases, positive margins of safety ave shown for
the final dasign .

ANOTE: The terminology "C=130 B/E" or "B/E" vefers to the existing metallic center
wing bax which is installed in Medel C-1308 and C-130E aircraft. This is the metal-
reinforced center wing retrofitted to a sizeable part of the C=I130 fleet, and is the wing
box being used in current production aircraft L In this teport, the "B/E" designation alway:
refers to an aircraft model and never meon: boron-epoxy. Whete horon-epoxy is discussed,
the words are spelled out. ]



A fatigue endurance analysis was conducted which demonstrated that the C-130E
boron -epoxy reinforced center wing box possesses a fatigue capability equal fo or greater
than that of the C-130 B/E all~aluminum center wing. The analysis was based on wing box
loads encountered in current operational usage and test spectra loads for parametric variation
of quality levels from 4.0 through 12.0. Ten wing stations on both the upper and
[ower surfaces were analyzed. The fatigue endurance computed for selected quality levels
for a typical wing station is shown in Figure 1. The analysis results show that, at any
station, the aluminum alloy stress is lower in the composite-reinforced structure than in the
original all-aluminum structure. This factor is the major contributor to improved fatigue
performance. It is fully expected that the fatigue performance of the C~130E boron -epoxy
reinforced wing box will satisfactorily equcl or exceed the required 40,000 simulated flight
_hours on the Phase IV full-scale center wing fohgue test, and will exceed the Phase V

operational requirements. ST .

Flutter analyses were conducted to evaluate the effects of any stiffness changes due to
the boron-epoxy reinforced center wing on the airplane flutter characteristics. Wing stiff-
nesses were found to be essentially unchanged, and calculated flutter margins exceed those
required. With normal fuel management, flutter speeds are above 1.15V| (i.e., 1.15 times
limit speed) for the composite-reinforced C-130E, satisfying specification requirements.
Under abnormal fuel sequencing, the composite-reinforced airplane is subject to the same
speed restrictions as those currently imposed on the original C-130E and C-130 B/E aircraft.

Although weight saving was not a major progrom goal, and was actually subordinated to
accomplishment of fiight service progrom goals, it is, nevertheless, an important factor, and
a weight saving of 229 kg (506 Ibs.) is predicted. Thiz prediction, based on actual calcu-
lations from the final production drawings, represents a saving in total box weight of slightly
more than 10 percent. The 318 kg (700 Ib.) total of boren -epoxy to be used in two wing
boxes for the 3-year flight evaluation represents a sizeable exposure of boron~epoxy
materials to the service environment encountered over the life of on aircraft.

A The quality level, K+, isdefined as the numerical value of an effective stressconcentratior
factor which yneldso Miner'sdomage of unity. Inaddition to local geometry, o numker of
uncontrolled variables are included in the determination of the quality level of a specific
area of a complex structure such as a wing box. These variubles include:

i Material inconsistencies such as: anisotropy; non~homogeneity; inelasticity;
inclusions; voids; veriations in physical properties; grain size.

ii. Manufacturing variables such as: tolerances causing variations in part size and
thickness, surface finich; festener size; hole size; joint friction; assembly errors.

iii  Other variables such as: non-lineor slippage of joints; local plastic yielding ot
points of high stress concentration; complexity and redundancy of load paths;
fretting of joints; fretting corrosion; design errors; irregularity of service usage
and external loadings.
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Table | summarizes the overall weight of the composite-reinforced center wing box.

TABLE 1. -COMPOSITE-REINFORCED CENTER WING BOX
STRUCTURE WEIGHT SUMMARY

. Weight of
Center Weight of Metal Boron-Epoxy| Weight Bor?n-Epoxy
. Metal Reinforced
Wing Box Removed Added Saved
Structure Structure
Structure
(kg) 1 (b.) | (kg) (1b.) | (kg) |(Ib.) | (kg) J(Ib.)| (kg) | (Ib.)
- deeer | go6- 1600 ~227| — 500—|—85- |-187 | 142 | 313| 5841287 |
Surface
Lower 671 | 1480 | 165 | 364 | 74 {163 | 91 |201] 580{1279
Surface
. Other
(Ribs, spars, 4 8 - - - -
bracketry, 846 | 1864 (Added) | (Added) 4 8| 8501872
etc.)
TOTAL 2243 ] 4944 338 856 152 | 350 | 229 506 | 2014 14438

New material development for this program was limited to adhesives and their
processing. The Phase | development work provided a low=temparaturing~curing
adhesive system for bonding boran-~epoxy laminates to aluminum. The process speci-
fication, which defines the laminate to aluminum bonding process, was published
during this report period. Minor revisions were made to boron-epoxy material and
process specifications to allow a more workable packaging arrangement and slightly
less proof testing.

Manufacturing development during Phase |l primarily consisted of further evaluation
and refinement of the cool tool restraint system for controlling warpage in bonded
assemblies. Since the largest specimen fabricated in Phase | was only 366 cm (144 in.)
tong, Phase Il efforts were directed to bonding full-tength, 1079 cm (426 in.), boron-
epoxy laminates ta the cluminum stringers and wing planks. These full-length bonding
studies have conclusively shown thot, with proper tooling, parts can be bonded to
provide a bondline with a low stress at room femperature. The-resulting low warpage will
allow assembly into a full wing box with @ minimum of difficulty. Minor changes were
made in the method of generating holes in the koron-epoxy lamimates which improve
hole quality. A blind fastenar instaliation study determined the amount of aluminum
reinforcing material required on the blind laminate surface to contain the swaging action
of the blind fastener on instullation.



Preliminary cost projects for prediction quantities of C-130 composite-reinforced
center wing boxes were made based on test specimen cost dota. The total cost increose
to add boron -epoxy reinforcement is projected for the 200th production wing box to be
$47,840 for labor and materials. The computed cost per pound of weight saved is approxi-
mately $95. Chonges to the wing box structure are within current C~130 production
practices. Special effort was made throughout design development to minimize the
producibility impact of the composite-reinforcement addition. Installation of the com-
pleted wing box assembly will be the same as for regular production wing boxes.

A reliability and quality assurance program was continued in accordance with the
approved program plan. The reliability assessment at the end of Phase Il is that a good
to high confidence level exists in the final design and the state of readiness for

successful fabrication and assembly.~Nondastructive inspection methods-were refined-
There were very few quality discrepancies in test specimens produced during Phase 1.

Additional buckling evaluations were conducted during Phase 1l because of problems
encountered in obtaining valid buckling foilures in Phase | compression test panels.
Applying compressive loads directly to unidirectional boron=epoxv laminates typically
causes local ctresses at the bearing surface and failure of the epoxy matrix, resulting in
unsupported fibers and unlcading of the laminate. A technique wos developed for
encapsulating the element ends in tooling plastic, whichprovided the laminate fibers
with added support during end machining and allowed direct compressive loading. With
this load introduction technique, successful compression tests were conducted which
included one shorr crippiing specimen, three short buckling panels, ard two full ~penel
buckling specimens. In cach tast the failure lood exceeded the gredicted failure load,
and good buckling failure modes were chserved. The tests confivmed enalytical predic-
tions and verified required siructurel capability, ‘

During Phase | fotigue testing of specimen 130PF -1, minor fatigue cracks were found,
originating from cutouts of the stringer crown cn some stringers. Aithough these cracks
were traced o u sharp edge remaining afier the cutout wes mede, it appeared that seme
slight configuration chenges might provide a much better cutout design, and specimens

were tested to verify the design selection. The tests showed that there wes no clear advan -

tage to he gained by a configuration change, and the existing C~130 B/E configurciion
was retained.,

The succescful completion of the detuiled design work, aleng with substantiating
analysss, tasts, and teoling studies, enabled initiation of the fabricotion phuse of the
progrant, The third phese was started in February 1973,



2.0 INTRODUCTION

Application studies and Advanced Development tests (References | and 2), conducted
for NASA by Lockheed, have shown that boron-epoxy composite laminates bonded to the
skin and stiffeners of the C-130 aircraft center wing box can significantly improve the over-
all fatigue endurance of the structure, at a lower weight than that possible if metaf rein-
forcements were used to achieve the same endurance levels. These advantages will be
demonstrated by designing, fabricating, and testing three boron-epoxy reinforced C-130E
center wing boxes, in a five~phase program extending over 5-1/2 years. The program
phases and assoc iated schedules are illustrated in Figure 2. Phases [ and Il have been
completed. Documentation of activities is included in this report and in References 1
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The center wing box size and location are illustrated in Figure- 3.. The box is
I'1.2m (440.in.) long, 2.03m (80 in.) in chord and, in the all-metal configurations,
weighs about 2243 kg (4944 |b.). The all-metal configuration is illustrated in Figure 4.



During Phase |, the advanced development work necessary to support detailed design -
of a composite reinforced C-130 center wing box was conducted. Activities included the
development of a basis for structural design, selection of materials ond processes,
manufacturing and tooling development, and fabrication and test of full-scale portions
of the center wing box. The Phase | results further confirmed that, with boron-epoxy
reinforcements as shown in Figure 5, equivalent static strength and fatigue endurance
could be provided with a significant weight savings. The aluminum skins and stringers
have reduced thicknesses compared with those of the existing metallic center wing box
in Model C-130 B/E aircraft. Equivalent strength is provided by the unidirectional
composite .

——

——

Wing Station 220
Production Joint ]

FIGURE 3.~C-130 CEINTER WING BOX LOCATION
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Phase 11 activities described in this report consisted of pieparing detailed design

drawings and conducting the substantiating static strength, fatigue endurance, flutter,

and weight analyses required for proceeding into Phase 11} wing box fabrication.
~ Some additional component testing was conducted to complete the panel buckling
evaluation und to evaluaie specific local design concepts. Tooling development
activities were continued to further refine the "cool tool” concept and to evaluate
residual stresses with full-length skin panels ond stringers. The final design configura-
tion ic structurally and functionally interchorgeable with the production

C-~130 B/E wing box.

The first composite~recinforced wing box will be static tested to limit load, followed
by ¢n endurance test to a fatigue spectrum representative of four aircraft lifetimes.
Finally, this box will be tested statically to determine its residual strength. The other
two wing boxes, after a complete FACH (First Article Configuration Inspection), will
then be installed in two Air Force C-130 E aircraft, and the aircraft will be delivered fcr
operational service. Service experience will be monitored and documented. Detailed
inspections cf these two wing boxes, including the use of sophisticated non—destructive
test techniques, are scheduled to coincide with regularly phased aircraft inspections.



3.0 STRUCTURAL DESIGN

3.1 STRUCTURAL DESIGN PHILOSOPHY

The design philosophy established in Phase | and refined in Phase Il retained the
basic dimensions of the C~I30E configuration and the material of the C~130 B/E wing
box. This configuration allowed, as a minimum, the development of 100 percent of
the design limit load requirement, without benefit of any composite reinforcement, and
provided o degree of fail~safe capability.

The basic aluminum center wing box was reinforced with unidirectional boron-epoxy
laminates in_the crown of the hat stiffeners and on the skin under the stiffeners. The

laminates added were sufficient to allow the center wing box 1o develop the Ultimate load
requirements of the C-130E wing box and the fatigue life of the C~130 B/E wing box.
Functional and selected structural configurations of the current C-130 B/E mcdel were
maintained in the areas of access critouts, fuselage interface, and joint rnouts.

Residual thermal stresses induced by joining dissimilar materials were accounted for in

the analysis for static and fatigue loading. The detail design gave primary consideration

to safety and reliability. Other important considerations included producibility, cost,

and maintainability . Although weight saving was of lesser importance, all design

decisions were monitored to achieve o minimum practicable weight structure which was
consistent with the overall objectives of the flight service program.

3.2 BASIC DESICGN

The center wing box and location of the boron~epoxy composite reinforcement is
illustrated in Figure 6. The box is 11,2m (440 in.) long, 2.03m (80 in.) in chord,
and in the all-metal configurations weighs approximately 2243 kg (4944 Ib.).

Reinforcement of the upper and lower surface ossemblies of the wing box is accom=
plished by designing new skin punals and hat=section siringers and adding boron-epoxy
laminates. The cross-sectional area of the aluminum C-I30 B/E skin panels and hat=section
stringers is reduced to the original C~I30L cross-sectional area. Access door areas,
wing station 220 joint rainbow fiitings, and splice straps are retained in the heavier
C-130 B/E configuration. Skin panels and stringers are taper-trensitioned to the thinner
C-{30E configuration inboard of the joint fittings and on each side of the access doors.
Qutboard of the upper suiface outboard access doors, the C-130 B/E configuration is
retained because of the close proximity to the W.S. 220 joint. Many of the existing

- model C-130 B/E components such as ribs, spars, fittings, brackets, and access doors are

not changed .

In the final design, luminated strips of boron-epoxy material are to be bonded to the
inner surface of the skin panels under each hat-section stringer. Separate laminate strips .
are bonded to each of the hat-seztion stringers on the enclosed crown surface. Multiple
plies of unidirectional flat boror -epoxy tape are used to fabricate the laminates. The
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e ————————— — 3 3-DESIGN-PROBLEMS_AND_SOLUTIONS_ _

PRECEDING PAGE BLANK NOT FILMED

laminates are designed fo taper out in the panel and stringer taper transition areas.
Tapering of the laminates at the rainbow fittings and access door openings is accomplished
by progressive stopping of individual plies of tape. Fasteners are used at the ends of the
laminates to prevent peeling. Titanium doublers are integrally bonded in the laminate

in fastener penetration areas to assure adequate bearing surface.

A total of 129 detailed design drawings were prepured. These are production
drawings using Lockheed's standard practice and approval procedures and are now
ready for initiation of the proeduction program. Many of these are multiple-sheet
drawings and are quite voluminous. They are,therefore, not incorporated into this
report, but a listing is provided in Appendix B.

The primary design concern in the use of boron~epoxy laminates is in the added com-
plexity associated with fastener penetration through the laminates. Bonded areas preduce
no unusual problems, but a concerted design effort was made to minimize the number of
fasteners that would penetrate the lominates. [n a limited number of locations the
structural arrangement and/or required assembly sequence necessitates the use of biind
fosteners through the laminate after the stringers are assembled to the skin panels. For
all fasteners which penetrate laminates, the following sequence is required to assure
proper attachment.

o Titanium doublers are integrally bonded in the laminates at all
hole locations.

o Undersized holes are produced in the borocn-epoxy laminates
during fabrication.

o Upon bonding of laminates tc stringers and panels, the under-
sized holes in laminates are back-drilled through the aluminum
stringers or panels,

o The undersized holes thiough the boron-epoxy and aluminum are
then reamed to full size.

o At hole locations where blind fasteners are required on loter
installations, an aluminum reinforcing plote is bonded to the
blind surface of the laminates.

) Al other locofions’the fasteners are inctalled from the laminote
side of the composite structure.

Careful design and manufacturing technigues were used to reduce the number
of locaiions where blind fasteners were required, precluding potential installation
and inspection problems. Some of these potential problem arcas, and their coiutions,
are discussed next .



e

3.3.1 Brackets and Sub=Structure Attachments

Fasteners which would have penetrated laminates but which could be relocated
included attachments for bladder—cell lacing anchors, plumbing support brackets, and
other miscellaneous substructure. Design solutions primarily consisted of physical
relocation of the component where feasible. For other components, alteration or
redesign was specified to eliminate holes which would have penetrated the laminates.
Relocation of components was accomplished by designing simple clips and angles which
attach through the stringer side flanges rather than the crown areas where the lominates
are bonded. (See Figure 7, Detail A.) Some components are relocated to attach
directly to the stringer "ears" which are remote from the laminate areas as shown in
Figure 7, Detail B. In other instances brackets which bridged pairs of stringers and

" atfached through the stringercrowns-were-altered-or-redesigned-to_bridge the_same

stringers but attach through the side flenges as shown in Figure 7, Detail C. In all
of the above areas, the end item (plumbing, valves, etc.) was kept in its existing
location to minimize costs and maintain commonality of functional parts on the FY 73
aircraft.

3.3.2 Nacelle Aftach Fitting Attachments

On the new lower surface some of the nacelle attach fitting fasteners would have
penetrated skin and skin laminates under the hat sections. These could not be prelocated
due to assemblv sequence requirements, since the attach fitting is installed after assembly
of the stringers to the skin. Design solutions, as illustraied in Figure 8, included alimi-
nation of the klind fasteners (which would have penetrated the laminates), increcsed
fastener diameter at adjacent locations and increased skin thickness (local pad to prevent
buckling with the new fastener pattern). The nacelle attach angle installation was
altered as described cbove and required other minor changes such ¢s additional shims and
sheat-metal clips to permit attachmsent of the aft nacelles and fairings.

3.3.3 Diagonal Brace Fitting Attachment

A tolerance build-up problem wos encountered with the "tee" and fitting attachments
at the upper end of diagonal bruces. The braces extend from the upper to lower surface
hat sections. For current installation, the "tee" fittings extend chordwise across three
stringers and ore attached by blind fasteners through the horizonivl "tee" flenge and
stringer crown. Prelocation of these fasteners in the upper surface stringer laminates
could have caused misalignment of the holes station-wise due to the spanwise tolerance
of the holes. This tolerance effect was considered on the individual laminates, in the
location of the laminate in relation to the siringer, and finally in the three stringer
locations relative to each other.

To overcome the expected difficulties in locating the "tee" members in this area,

plutes were designed to attach through the stringer crown prior to installation of the
stringers to the skin panels as shown in Figure 9. This allowed prelocation of the holes

14
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in the laminates and the use of standard fasteners to attach the plates. The plate
extends forward and aft of the stringer crown and was made slightly oversize (spanwise=~
width) fo account for adverse tolerances. The "tees" were altered to provide proper
fit at the brace attachments with the length controlled to pick up the forward and aft
ends of the new plates. Installation of the "tees" is then accomplished by aligning the
ntees" station-wise in line with the lower surface fittings, locating and drilling holes
through the "tee" horizontal flange and plates, and installing standard fasteners,




4.0 DESIGN SUBSTANTIATION

4.1 STATIC STRENGTH ANALYSIS

The advanced composite-reinforced C-130 center wing box was analyzed in a manner
consistent with, and proved by, previous analyses and tests on existing C-130 series air-
planes. Wing design loads applicable to the C-1308/E extended-service-life airplane
were used to establish the internal load distributions. The internal loads were obtained
by a high-speed digital computer program which used the conventional engineering "unit
beam" theory of bending. Surface shear distributions were established by determination
of the incremental changes in element axial loads and by application of the constant shear-~

flow torsion theory. Surface pressures, used for local bending analyses, were cbfained by
combining surface airloads, fuel inertias, and surface crushing loads due to wing bending.
Surface pressures due to structural inertia were negligible and were not included. Thermal
residual stresses due to adhesive cure techniques and operating temperature extremes of

218°K (-67°F) to 344°K (+160°F) were calculated and added to the applied internal loads.

The structural elements of the upper and lower surfaces were analyzed for both tension-
shear and compression~shear interactions by a computer program developed exclusively for
the composite reinforced structural configuration used by the C~130 wing. The program
included the effects of thermal residual siresses, axial loading, lateral shear, and beam
column effects due to the combined action of normal surface pressures and eccentricities
of applied axial loading. Modes of failure were established for the individual components
of the composite structure and included the analysis of general instubility, local instebility,
and principal stress levels.

Satisfactery strength levels were demonstrated for the front and rear spar webs by the use
of conventional diagonal-tension field analyses. The upper and lower surface splices were
analyzed for fastener capability using the calculated surface shear distributions. Net
section principal stresses were also calculated at skin panel locations with high fastener
concentrations, including the effects of thermal residual stresses.

Pertinent results of the composite-reinforced center wing static strength analysis are
presented in the following discussion. Torsional and flexural stiffnesses of the wing box are
presented in Figures 10 and 11, respectively. For comngcrisen, the previously published
stiffnesses of the C-130E and C-130B/E center wings are superimposed on the same figures.
Figure 10 shows that the torsional stiffness of the composite-reinforced wing is less than the
stiffnesses of the C-130B/E wing but equal to or greater than the stiffness of the C-130E wing.
This directly reflects the reduction of surface panel thicknesses from C-130B/E sizes to
thicknesses close to those used for the C-130E wing.. The boron-epoxy laminates are assumed
to provide no confribution to the wing box torsional stiffness. A censiderable increase of
vertical bending stiffness is illustrated in Figure 11, where the stiffness of the composite
reinforced wing is shown to exceed the C-130E and C-130B/E wing stiffnesses. This is due
to the substantial contribution of the unidirectional boron-epoxy reinforcement in the
spanvsise direction . '
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Thermal residual stresses for the aluminum and boron-epoxy components, calculated by
the method of analysis described in Appendix B of NASA CR-112126 (Reference 2), are pre-
sented in Figures 12 and 13. Residual stresses for operating temperatures of 218°K (-67°F),
255°K (0°F), 269°K (25°F), and 344°K (160°F) are presented. In addition, to illustrate
the excellent results cbtained by the "cool tool" adhesive cure technique, thermal residual
stresses for the assumed room temperature of 297°K (75°F) are presented and show the desired
low stress magnitudes. For convenience of numerical analysis, thermal residual stresses are
plotted versus "aluminum area ratios,” which are defined as follows:

A

R = a % 100 (percent)
+ ’ ]
AT
where R = aluminum areq ratio (percent)
Ac = aluminum cross-section area of
skin=stringer combination.
Ab = boron-epoxy lamincte cross-section

area of skin=stringer ccmbination.

To achieve the desired fatigue endurance, the skin=stringer combinations of the coripo-
site~reinforced wing were designed nominally for an 80 : 20 distributicn of aluminum and
boron-epoxy civss=section areas, i.e. R = 80 percent. Varictions to the 80 : 20 disfribution
were made as necessary fo achieve dasired strength levels and/or to satisly the taper fransi-
tion requirements at suiface cut-outs and majes joints. Typical aluminum crea retics for
several representative upper and lower surface skin=stringer components cre chown in Figure
14, Using appropriate orea ratios and operating temperatures, the thermal residual stresses
for the aluminum and boron-epoxy clements may be obtained from Figures 12 and 13, recpec-
tively. In accordance with Lockheed policy, and to cover uncertginties in the prediction
of tharmal struins ard resulting stresses, a facicr of 1.25 on thermal stresses is used when
such a procedure is conservative; i.e., if the thermal residual stress is additive in terms of
ultimate load stress (1.5 x limit load siress), the thermal residual stress is multiplied by 1.25
and added to the ultimate locd stress.

Conversely, a facior of 1.0 is used if the thermal residua! stress is subtroctive with
regard to ultimate load stress. The thermal resicual stress confributions illustrated on
Figures 15 end 16 include the appropriate factors. '

The maximum axiol stress levels for the aluminum and boron-epoxy zlemants of the
composite~reinforcad wing are presented on Figures 15 and 16, for upper und lower surfaces,.
respectively. For comparison purpeses, the previously published maximum strosses for the
"alt aluminum" C-120E and C=1308/E center wings are superimposed on the tame figures.,
Stress levels for the composite=reinferced wing, including tha effect of thermal residuc!
stresszs, show good agreement with the stress levels of the extended ~service=life airplans,
medel C~1C0B8/E, and indicate that the fatigue endurances of the two airplanes should be
similar. The moximum aluminum stress level of approximately 310 MN/m2 (45 KSI) for the

a
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composite-reinforced wing is well below the elastic limit of the 7075-T6 and 7075-173
aluminum alloys being used. The maximum boron-epoxy stress level is compressive and is
shown on Figure 15 to be approximately 1007 MN/m (146 KSI). This stress is well

below the elastic limit for the material and is below the compressive yield stress of 1517 MN/m
(220 KSI) used for siructural analysis.

2

The static analysis of the structural components affected by the composite reinforcement
show positive margins of safety for all critical load conditions. Representative margins of
safety for the critical components are shown in Table Il. In general, the analysis indicates
that the boron~epoxy reinforced skin-stringer components are critical for local instability
(initial buckling) of the reinforced skin elements located directly under the hat-section
stringzrs. These elements are analyzed using appropriate interactions of axial, shear, and

local bending stresses. It should be noted that axial and shear siress interactions are main-
tained below initial buckling levels due to the uncertainties and lack of data surrounding
the behavior of the adhesive bond layer in the post-buckling range. Surface-panel regions
with high fastener concenirations, such as spanwise splices and stringer attachmants, are
critical for the interaction of net shear and axial stresses. Thermal residual stresses cre in-
cluded in the determination of net axial stresses.

The remaining primary structure, including front and rear spar caps, box ribs and W. S.
220 joint details, are identical to the components used on the existing C~1308/E extended
service life airplane and have been shown structurally adequate by previously published
analyses and test results. Since the internal loads offecting these components do not exceed
those previously used, they ware not reanclyzed.
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TABLE Il. - SUMMARY OF MINIMUM MARGINS OF SAFETY

COMPONENT LOCATION | LOAD OPERATING FAILURE MARGIN
W. S.  CONDITION TEMF. 1AODE OF
°K / (°F) il SAFETY 4
UPPER SURFACE 68.0 SYMMETRIC 344/, .o, | LOCAL INSTABILITY OF .04
STRINGER NO. 1 MANEUVER REINFORCED SKIN ELEMENT ]
UPPER SURFACE 132.0 SYMMETRIC  |344/, o) LOCAL INSTABILITY OF 7
STRINGER NO. 2 MANEUVER REINFORCED SKIN ELEMENT
UPPER SURFACE 201.0 SYMMETRIC 1344/ o) LOCAL INSTABILITY OF 2
STRINGER NO, 11 " MANEUVER REINFORCED SKiN ELEMENT A
UPPER SURFACE 63.0 SYMMETRIC 1344/ o) NET SHEAR-COMPRESSION | .03
SPANWISE SPLICE MANEUVER FAILURE OF SKIN PANEL ]
UPPER SURFACE 138.0 ACCELERATED {218/ _,, EASTENER BEARING .01
SPANWISE SPLICE AILERON ROLL| FAILURE IN SKIN PANEL
LOWER SURFACE 201.0 SYMMEIRIC 1218/, LOCAL !IHNSTAZILITY OF SKIN | .03
STRINGER NO, 21 MANEUVER ‘ ELeMAENT BETWEEN STRINGERS
LOWER SURFACE 87.0 SYMMETRIC 12187, NET SHEAR-TENSION FAILURE © 001
STRINGER NO, 13 MANEUVER ' OF SKIN PANEL
LOWER SURFACE 87.0 SYMMETRIC (218, NET SHEAR-TENSION FAILURE | .02
STRINGER NO, 14 VERTICAL OF SKIN PANEL
| sust

LOWER SURFACE 178.0 POSITIVE i FASTENER BEARING FAILURE .23
NACELLE FITTING TORQUE IN SKIN PANEL

- . ——— SL’RGE - e 1 - -
FRONT SPAR 70.0 SYMMETRIC WEB TEAR FAILURE .06
WEB MANEUVER AT FASTENER LINE |
REAR SPAR 70.0 SYMMETRIC WEB TEAR FAILURE 15
WEB VERTICAL AT FASTENER

GUsT 1
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4.2 FATIGUE ENDURANCE ANALYSIS

An analysis was conducted to compare the fctigue endurance of the boron-epoxy
reinforced center wing cnd the current all-aluminum C=130B/E center wing. In assessing
the comparative fatigue endurance, this study demonstrated that the C-130E boron-epoxy
reinforced center wing box possesses a fatigue capability equal to or greater than that of
the C-130B/E all-aluminum center wing. »

4.2.1 Anclysis Approach

Demonstration of the fatigue caopability of the boron-epoxy center wing wes accom=

plished using both the fatigue fest spectra lcading currently being used in the C~1308/E
fatigue test and a selected mix of the USAF nine mission requircments. The purposs of
computing the fatigue endurance by both the test spectra loads and the flight spectra loads
was to ascertain the fotigue capability of the beron-epoxy reinforced center wing when it
is subjected to the loading of the scheduled fuli-scale test of Phase IV and the typical
flying conditions of Phase V. -

Three basic parameters are required to define the fatigue endurance of a structure.
These are: (1) the operational usage in terms of mission profiles and utilizations, (2) the
design stress level, and (3) the structural quality Ievelﬁ& . Using these porameters in
conjunction with Miner's Therory of Cumulative Damage, relatively relickle fatigue andu-
rances con be determined by anclytical procedures.

The paramater, operational uscge, when presented in terms of mission profiles ard
utilizations defines the aircraft configurction in terms of gross weight, fuel, cargo, etc.,
and the environmental conditions to which it is subjected. Meen load levels (1.0 g loads)
are primarily comnuted on the basis of the operctional configuration; variable loads ore
determined by statistical analysis of the environment. [n combination, the mean and vari-
able locds produce the fatiguz lecds for specific areas of structure.

ZBThe quality level, Ky,is defined as the numerical value of an effective siress concean-
tration factor which yiclds a Miner's damage of unity. In addition to local geometry,
number of uncontrolled variabies are included in the determination of the quality level of a
specific area of a complex structure such as a wing box, These variables include:

i Material inconsisiencies such as anisotropy, non-hemogeneity, inelasticity, inclusicns,
voids, variations in physical properties, und grain size.

i Manufacturing veriabias such os tolerances causing variations in part size and thicknase,
surface finish, fostensr size, hole size, joint fricticn, and assembly crrors,

iii  Other variables such as non=linear slippage of joints, local plastic yielding at points

of high stress concentration, complexity and redundancy of load paths, fretting of joints,
fretting corrcsion, design errors, irregularity of service uscye, ond external leadings.
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The second parameter, the design stress level, is a value equal to the maximum stress
to which a particular compenent is subjected under maximum or envelope design load.
This maximum stress value, together with the envelope design load, forms a ratio that is
used to convert the fatigue loads into usable stress spectra. This is accomplished by multi-
plying the fatigue loads (loads spectra) by the stress-to-load ratio.

The first two parameters are definable for any given operational use and structural con-
figuration. Due to non-linear notch behavior, the third parameter, quality level, can not be
accurately determined by analysis of the local geometry. Comparison of observed fatigue
performance of a structural location with the perfermance of laboratory coupons having nom-
inal (elastic) values of quality level through the application of Miner's cumulative damage
theory yields the "test-demonsirated quality level" for the location. The quality level is

——————— considered-to-be-a-function-only-of-iocal-geometry-and-provides the-parameterby-which
changes in operational use and/or design stress level may be evaluated. The quality level
reflects the fatigue sensitivity of the particular structural configuration and provides the
parameter by which changes in operationa! use and/or design stress level may be evaluated.

4,2.2 Analysis Criteria

Aluminum is the porent material of the compusite-reinforced structure. The fatigue
analysis of the 80 : 20 aluminum to boron-epoxy cross-secticnal crea distribution is based
on the concept that the aluminum is the more faligue-susceptible material of the bonded
structure, Fail-sofe considerations cenlirm this concept, os loss of the beron-epoxy laminates
during operatinnal usage and applied limit load weuld not result in cotastrephic failure,

The fatigue-endurance analysis of the beron~cpoxy center wing was basad on the
following criteria:

o The aluminum material is more fatigue-susceptible than the boron-epoxy or the
adhesive bond.

o The computed fatigue endurance of the C-130E boron-epoxy reinforced center
wing box is besed on the stresses in an aluminum area which has the same exien-
sional rigidity as that of the composite-reinforced section:

Ea*A equivalert = EaAq + Eb-Ab

o  When comparing the fotigue endurance of the beron-epoxy reinforced center
wing box with that of the C-1308/E structure, the quality level, Ky, is censidered
to be the same for both structures ¢t each location.

o A mean structural cperating tempercture of 225°K (0°F) is established for the
lower surface. This tempercture is selected because most lower surface fatigue
damaege occurs at altitude when struciural temperatures are low.

o A mean structural operating temearature of 269°K (25°F) is establizshed for the
upper sutface. Fatigue damage on the unper surfuce is primarily due to ground-gir-
ground loading cycles.
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4,2.3 Fatigue-Susceptible Areas

The C-130E boron-epoxy reinforced center wing and the C-130B/E center wing were
analyzed at wing stations 40, 60, 80, 100, 120, 140, 160, 180, 200, and 214 for both the
upper and lower surfaces. The stress-to-moment ratios for these locations are plotted versus
wing station in Figure 17, and show that at any station the aluminum alloy stress is lower in
the composite~reinforced structure than in the original all=aluminum structure. This factor
is the major contributor to improved fatigue performance. Variations in the curve shape of
the composite-reinforced stress-moment ratio curves which do not appear in the C~1308/E
stress=moment ratio curves are due primarily to more rigorous analysis of the compesite-
reinforced wing box at more locations. Multiplication of the applied wing bending momant

—— (M,) by tha stress~ moment ratio yields the tension stress for the surfcca.

4,2.4 Operational Leads

The fatigue endurance of any aircraft is partly determined by the type and frequency
of missions flown. The mission profiles and their utilization rates are the basis for computing
mean and variable lcad levels acting on different components of the uircraft. Mean locds
are derived on a single~load~level occurrence basis; variable loads are developed by an
exponential distribution form,

Each of the nine mission profiles for the C~1308/E aircraft as used by the USAF is
described by a representative mission profile. Mission utilization depends cn the base
and/or the command to which the aircraft is assigned. A fatigue evaluation can be por-
formed when utilization data are combined with the basic nine mission profiles.

C~1308/E aircraft usage deta taken from reported utilization of the USAF flest were
used to defermina the comkination of the nine mission profiles currently -baing flown., The:e
data were obtained over the 12-month pericd from June 1971 to June 1972, The prreent
utilization of each mission is listed in Table I, This typical cperctional us2 is alse referred
to as "nine-missicn utilization."

" TABLE Iil,- C-130 MISSION DISTRIBUTION

Mission Percent
Utilization
1. Proficiency Training 11.7
2. Basic Training 6.5
3. Shuttle- ‘ 7.5
4, Short Range lLogistics 25.3
5. long Range Logistics 27.7
6. Air Drop 3.8
7. Storm Reconnaissance 0.0
8. Combat Training 11.5
?. Low Level 6.0
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The Lockheed~Georgia DART (Damage Analysis in Rapid Time) computer program was
modified to accept the stress-to-lcad ratios and the residual stresses in the basic aluminum
structure due to bonding. The DART program calculated fatigue endurance using the combi-
nation of the nine C-130 mission profiles for each of the fatigue-susceptible locations previ-
ously defined in Section 4.2.3. Quality level versus fatigue endurance curves for both the
C-1308/E and C-130E boron-epoxy reinforced center wing using the operational loads are
presented in Appendix C. Representative quality level versus fatigue endurance curves for
typical upper and lower surface locations are presented in Figures 18 and 19. At any parti-
cular structured location, the quality level for the composite-rzsinforced wing box is expected
to be the same aos that for the C-130B/E wing box. The curves show that, at equivalent qual-
ity ievels, the endurance of the composite wing box is greater than that of the C-1308/E wing

—— ——~boxx e
4,2.5 Test Spectra Loading

The large number of load levels presented in the anclytical spectrum prohibit its use
as a fest spectra, since it would not be econcmically feasible to provide the complex systems
and rigs required to apply such loading to a test airframe. Because of this, the analytical
spectrum is simplified to a test spectrum of 18 load levels.

The basic rule for test spectrum development stotes that reasongble simulation of flight
locds will ba provided when the calculated damcge, based on Miner's Theory, is the seme of
a pariiculer quelity level for the ceme number of demeging cycles of the portion of the onaly-
tical fatigue load spectrum heing considerad. The complaxity of the logds tpactia, involving
a large number of incremental and mean loods, requires o vast number of crithmetric caleula-
tions to simpfify the spectra to o usable form. Existing computer programs were used to hardis
the dota and perform the necessary calculations. The number of loud levels used in the test
specira depends on the variety of mission profiles required. In the C-130B/E wing tast, two
separate loads spectra (designoted Spectra A and Spectre B) had been applied. Therzfore,
comparative endurances for both spectra were included in the analysis of the composite rein=-
forced strucivre. Quelity level versus fatigue endurance curves for tynical upper and lower
surface locations are precented in Figures 20 and 21, Curves for all wing stations analyzed
are presented in Appendix C, The beron-epoxy reinferced structure shows greater faiigua
endurarce than the C-1308/F aluminum reinferced structure.

4.2.6 Fatigue Endurance Conclusions

The superior fatigue capability of the C-130E boron-epoxy reinforced center wing is
analytically demonsirated by comparison with the endurance of the C-1308/i modzl ot ihe
fatigue=-critical arecs selecied for study.. The calculaied fatigue endurance of the boron~
epoxy reinforcad wing is greater than the endurance of the C-130B/E conrsr.wing when the
wing box is subjccted to the loads of current operational usege or the test spactra loeds for

. quality levels of 4.0 1o 12.0, inclusively.

The demonstrated quality level is ithe basis for comreleting the Phase | panel fatigue

test iesults to the Phase IV full-icale center wing hox testing and the Phase V operationg!
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wing boxes. The quality level as determined by the component testing may be applied to
the same structural arecs on the full-scale wing box. With the exception of the premature
stringer crack on fatigue specimen PF-2 and the "nuisance" crack of the stringer run-out of
specimen PF-1, all the component panel specimens exhibited fatigue performance equal to
that of the C~130B/E component panels. Table IV lists the quality levels of stations which
exhibited fatigue cracking during the Phase | testing.

Typical operational endurance data from Appendix C (nine-mission utilization as speci=-
fied in Table 1H1) are cross-plotted against wing station for representative values of quality
fevel. Using Phase | test-demonstrated quality level (Table 1V), the operctional endurance
is calculated and superimposed on the curves of Figures 22 and 23. Similurly, availcble
full-scale C-1308/E test-demonstrated quality level operational endurance dora are ploH‘eo

in Figures 22 and 23 at the appropriate wing station.

With regard to the PF-1 stringer runout crack with K1 > 12 (Figure 22), it is noted that
the cracking resulted from an at; ~ical machining condition. Furthermore, other adjacent
stringers with ostensibly identical configuration (hence K1) concluded 80,000 simulated
flight hours of testing without cracking. These ftwo resulis indicate that an appropriate
representative quality level for that location is considerably less than 12. The corresponding
C-1308/E component panel test survived 150,000 simulated flight hours without cracking,
indicating that the quality level for this location is less than 8.0. This result (K7 = 8.0)
is also shown in Figure 22.

Based on the quality levels demonstrated by Phase | tests and C-1308/E ceomponent panel
tests, and thosze now being demonstrated by the C-1308/E full-scale test, the cperational
(specified nine-mission) endurance exceeds the 40,000~flight~hour requirement.



TABLE IV. -OBSERVED QUALITY LEVELS IN
PHASE | FATIGUE TESTS

{43.0 in.) long, single stifirner spzsimens to

simulate upper surface W.5.0 daosr stringer

termingtion areaqs

OBSERVED
__SPECIMEN § ~ SPECIMEN DESCRIPTICN AND LOCATION QUALITY | LOCATION
I R i W VA o

130-JE~1| 0.315m (12.4 in.) wide and 0.985m (38.8 in.) 6.65 W.S. 220
long, two-stiffener section of lower surface wing
plank to W.S. 220 rainbow joint transition
fitting

130-JE-4 Identical to I30-JE~| except for minor changes 10.22 W.S. 210
in faminate configurations and a luminum/
boron=-epoxy bond cycle

{30~PF~1 1.01é6 m (40.0 in.) wide and 3.658 m (144 in.) >[2.0 W.5. 17
long, two plank (six-stiffener) upper surface
specimen which includes W.S. 0 door opening

130-PF-2 | 1.016 m (40.0 in.) wide and 3.20 m (126 in.) >12.0 W.S, 209
long, t wo plank (six~stiffener) upper surface
specimen which includes W.S. 220 rainbow
fitting

130-PF~3 0.432 m (17 in.) wide and [.524 m (60 in.) long, Q.74 W.S. 217
s ngle plank (three-stiffener) lowersurface
specimen which includes W.5.220 reinbow
fitting

130-PF~4 Two 0.152 m (6.0 in.) wide and 1.092 m <6.0 W.S. 17
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4.3 FLUTTER ANALYSIS

Flutter analyses were conducted to evaluate the effects of any stiffness chunges due
to the boron-epoxy reinforced center wing box on the airplane flutter choracteristics. The
results of these analyses were compared with results of similar analyses of the original C-130t
and the C-130B/E with a metal-reinforced center wing box. Previous C-130 flutter analyses
and flutter model! tests have shown that 22 percent internal wing fuel for normal burning sequence
"is the most critical internal wing fuel condition. Figure 24 shows typical flutter speed versus
percent of internal wing fuel. Under normal fuel mancgement, the external tank is emptied
before 22 psrcent internal wing fuel is reached but the flutter speed is further reduced if the
fuel is mismanaged and the external tank contains fuel; therefore, the empty and full externcl
tank conditions with 22 percent internal wing fuel are considered in the C-1308/E flutter

Uncoupled cantilevered component vibration modes were inertially coupled to obtain
free-free airplane vibration mc.cs. Fifieen symmetric free-free elastic medes, rigid body
pitch, vertical translation, and fore and oft translation were used in the symmeiric flutter
analyses. Fifteen antisymmetric free-free elastic medas, rigid body lateral translation, roll,
and yaw were used in the antisymmetric flutter analyses.

Oscillatory asredynamic louds were applied to the wing, vertical stobilizer, ond
horizontal stabilizer using medified strip-thecry cercdynamic ccefficients. The flutter
analyses were conducted using atmospheric conditions at an altitude of 4267 m {14,000 {+,),
Previous C=130 analyces have shown this altitude to be the most critical from the fluiter
viewpoint.

As in previcus analyses, symametric flutter speeds are considercbly higher thon ihe corras~
pending antisymmetric flutter speeds; therefore, only the more critica! antisymmeiric flutrer
speeds are rresented.  The results obiained are summarized in Figure 25.

The results show the flutter characterisiics obteined using the original C-130E, matal-
reinforced canter wing, and boron-epuxy reinforced canter wing stiffnesses are eszentially
identical. For these analyses, the boron-epoxy reinforced center wing torsional stiffriess
was considered to be the same as the original C-130E cenier wing torsional stiffress, and
the boron-epoxy reinforced center wing vertical bending sriffness was considerad tn bz the
same as the metal-reinforced cenier wing veriical bending stifincs., Veriations in the wing
vertical bending ctiffness above ond below the assumed vclues of the boron~epoxy reinforced
center wing do not cause any appreciable reduction in the fiutter speed.

With normel fuel management, fluiter speeds are cbove 1,15V (i.e. 1,15 times limit
speed) for ifie C-120E with the horon-epoxy reinforced center wing box. This satisfies appli-
caile Military Specification reguiremaents, Under chnoimal fuel sequence, the aircraft with
the composiie-reinforced center winz box is subject to the same speed restrictions as thase
imposed on the original C~130E and the C~1308/E metal-reinforced center wing airplanes.
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4.4 WEIGHT PREDICTION

Although weight saving was not a major progrem goal and was actually subordinate to
accomplishment of flight service program goals, it is an importont factor, and a weight saving
of 229 kg (506 lbs.) is predicted. This prediction is based on actual calculations from the
final production drawings listed in Appendix B and represents a saving in total box structural’
weight of slightly more than 10 percent. For the upper and lower surface panels, which were
the only areas modified with composite reinforcement, the percentage of weight saved is
actuclly much higher, 16.4 percent.

The weighf saved on the upper surface is 142 kg (313 Ibs.) out of 726 kg (1600 Ibs.) or
19. 5 percent of the stringer and panel weight. The boron-epoxy laminaie odded o achieve

this reduction is 85 kg (187 ibs.). The weight savings on fhe lower surface is 91 kg (201 1bs,
out of 671 kg (1480 Ibs.), or 13.6 percent of the stringer and penel weight. The boron~epoxy
laminate added to achieve this reduction is 74 kg (163 Ibs.).

o

Table V summarizes the overall weight of the composite-reinforced center wing box
sfructure based on the predicted saving and g basic a'l-metal box weight of 2243 kg (4944 Ibs.).

It is of interest o note that, in the areas where reinforcement was edded, a metal
rerncved/composite added ratio between 2.2 and 2.7 was achieved. This indicates a high
potential for weight saving in futuire compesite-reinforced metal designs where tess conser-
vative criteria may be established than those used for this perticular design.

TABLEV, - SUMMARY OF CVERALL WEICHT OF CONPOSITE-RCINFCETCTD
CENTER WING BOX STRUCTURE

i e e e

Center Wing Weight of “Metal Beron~Epoxy Weight Weight of
Box Structure | Metal Removed Added Saved Beron-Epoxy |
Structure Reinforced |
Structure !
(ko) [(Ib.) |(kg) |(lb.) |(kg) | (Ib.) | (k) | (1b.) | (ke | (Ib.)
Upper 726 1600 | 227 1500 g5 187 142 | 313 | 584 1287 |
Surface .
Lower 671 |1480 | 165 |364 |74 |163 9N 200 |s00 | 1279
Surface
Other 846 | 1864 |4 |8 e R -4 |-8 150 187%
{(Ribs, spurs, [Ma‘er’;l Ada’ed? :
bracketry, ‘
stc.)
TOTAL 2243|4944 | 388 {ﬁ"o 149 350 ‘ 225 | 506 | 2014 | 4438
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5.0 MATERIALS AND PROCESSES

5.1 MATERIALS

New material development for this program was minimal and was limited to adhesives
and their processing. This development work, conducted during Phase 1, provided o low-
temperature curing adhesive system for bending boron-epoxy laminates to aluminum.
Other meteric!s such as beron-epoxy preimpregnated tape, aluminum, sealants, finishes,
titanium, and fasteners were procured ond/or processed to the requirements of existing
Lock! 7eed specifications. '

S 5.2 PROCESSES

Difficulties in manufacturing boron=-epoxy reinforced aluminum structures are created
by the differences in coefficients of thermal expansion fer the two adhererds. These
differences cause residual stresses in the bonded structure at temperatures other than
the cure temperature. Process development effort was directed to minimization of this
preblem and culminated in the "cool tool" restrain. process. This process has been
previously discussed in detail in the Phase | final report (NASA CR-112126) and is not
repcated herein. Other processing relative to boron-epoxy lamination and surface
preraration was accomplished in accordance with existing Lockheed specificotions.

5.3 SPECIFICATIONS

Three material and process specifications ware revised or prepared and publishes

during Phase {I. The boron~epoxy material and process ipe cnicafions (STMZ2~450 and

STP60-202, respectively) were revised to eliminate minor packoging pioblems and to reduce

the amount of accepiance testing for receiving inspection. Caly one of the specification
mechanical property requirements was changed. The material specification (STM22-450)
average Hexurol modulus properiy requirement was reduced to 190, GN/m

(27.5 x 109 psi), which is the vaiue mast commonly required throughout the industry.

The changes do ot compromise either program requiremenis or material quality but allow
a more workable pr ‘kaging arrangement and slightly less procf testing. These changes

hc ve been mede and the documents published. The machonical property reauirements
contained in the moterial specification STM22-450 are listed in Table VI,

A process specification, STP60-205, which defines the bonding of cured horon-g50

losminates to aluminum was prepered end pubiished during this repoiting period. This
dozument provides the usual proces Iﬂ(} requirements relarive to curfoce pregaretion,
material contiol, environmental confrol, pincess conirol and inspaction requirements.

. T .
Hoewever, in addition to these normnl
reguirements are imposed o achieve @ bondl
Also, authorization for a low-tempercture {386 T3.3°K ({235 T 15°F Iudhesx' ‘¢ cure cycle

is included.

fication requirements, addirional

inz which is low in stress at woom '.enp ratuie.,

o5

~

.



TABLE VI. -ROOM TEMPERATURE MECHANICAL PROPERTY REQUIREMENTS
FPROPERTY UNIT REQUIRED MINIMUM
AVERAGE INDIVIDUAL
1
0° Flexure Strength GN/m” 2 (10%si) 1.65(240.0) 1.55(225.0)
0° Flexure Modulus GN/m” (10%si) 190.(27.5) | 179.(26.0)
9C° Flexure Strength MN/m (103p51) 89.6(13.C) | 75.8(11.0)
G*  Horizontal Shear Strength | MN/m (]03p5| 89.6’153.0) 75.8(11.0)
—0°%— Tensila-Strength ,G;N/m_(_]_ogp_sz,)_____ Not Specificd{ 1.24(163,0)
G° Tensile Modulus GN/m2 (iOépsi) 207.(30.0) | 193.(26.0)
70° Tensile Strength MN/m2 (lOspsi)- 75.8(11.0) | 62.1(9.0)
90° Tensile Modulus GN/m? (10%psi) 20.0(2.9) | 18.6(2.7)
0° Tensile Strain um/m (10-6in./in.) 6C00(6000) | Not Spf’c?fim’
G0° Tensile Strain um/m (]O_éin./in._) 4100(4100) | 4000{4000)




6.0 MANUFACTURING DEVELOPMENT

6.1 BONDING STUDIES

Under the Advanced Development portion of this pregram, considerable advances
were made in the bonding of boron-epoxy laminates to aluminum components. The
high coefficient of thermal expansion fer aluminum and the low coefficient for boron-
epoxy creates extreme warpage when the two elements are bonded together at elevated
temperatures. A process was developed in which a steel tool was used for restraining
the aluminum at elevated temperatures while keeping the steel tool ot room temperoture
with the use of insulation between the aluminum and steel. The pressure for bonding
-is-opplied-using-a-pressure_hose_restrained_in_a_channel_over the boron-epoxy strip to

be bonded. The channel is mechanically secured to the steel tool. During the
Development Phase, this technique was used for bonding all specimens fabricated.
Since the largest specimen fabricated was only 3.66 m (144 in.) long, additional
efforts in Phase Il were directed to bonding full length, 10,8 m (426 in.), boron-
epony laminates to the uluminum stringers and wing plonks.

6.1.1 Laminate Preparation

Boron-epoxy laminates were prepared which were representative of the laminatas
to be used in the C-130 composite-reinforced center wing box. Standard lay~up and
bagging technicues were used in the preparation of these lominares, Included in the
study was the measurement of the hole spacing for the tcoling pin holes used in the
assembly of the stringers to the wing plank. These holes were measured after lay-up
in the uncured laminate, after curing the luminate and after bonding.  Although there
was a measurable movement between the holes for each of the cure cycles, the move-
ment was within the tolerance required for mutching these tooling heles in the assembly
fixture. The cured laminate strips are shown in Figure 26 .

6.1.2 Tooling for Bondirg Cycle

For these studies o special steel frame was mounted on top of un cxisting long, flat,
aluminum bonding tool. The frome was made with steel chennel welded intc o '
rectangular box shape. The ends of the aluminum skin or stringer component are
butted oguinst the ends of the steel frome to provide restraint during bonding. Figure 27
shews the frame on the tool with the 2 %4 em (1.6 in.) Marenite insuiating board positionad
and the technician installing the Nichrome heoter blankei on top of the insulution.

All other parts, including hecter and insuinition, were the same fype os used in Phase |
and documented in NASA CR-112126. The steel bars, prassure hose, and hose contoinment
28 .

Q@

o
were fabricated for the full-lengih tool and assembied as shown in Figur

"
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Heating elements were fabricated in four separate zones and were powered and
manually controlled usiag the panels shown in Figure 29 . Each heating zone was
controlled by a separate temperature controller with the control temperature feedback
being made with a thermocouple circuit measuring the temperature of the Nichrome
ribbon in the center of the heating element.

To help maintain more uniform temperature distribution, insulating blankets were
placed over the assembly during the bonding cycle.

6.1.3 Laminate~to-Stringer Bond .

A full length stringer was obtained from the C-130 preduction line after it had been
rejected by [nspection for being out of machining tolerance: ~The stringer-was-then——
remachined to the C-130E configuration and the sulphuric eid anedizing was stripped
from the surfaces. After hand-cleaning the bonding surfece, the stringer was locked

in the toc! with the ends restral..od within the steel frame.

Since the mefal stringer (os received) had a bow in two directions (vertical and
horizontal), it was straightened with clamps and hand pressure in the tool. The
adhesive was opplied to the stringer and the boron-epoxy strip positioned using a pin
to align the hole in the lominate to the fixed hole in one end of the stringer. Only
one end of the laminate was fixed so that it could freely expand around the hole during
the cure cycle. The standard bond cycle established for the program was used.

After bonding, the stringer was acteally straightat than H had bzen pricer to
instollation in the tool. The completed part is shown in Figure 30 . Assessment indicates
that the composite~reinforced stringer will be straight and acceptable for preduction use.

9

6.1.4 Laminate-to=Wing Plank Bond

As in the case of the stringer, o srrapped wing plank which had been rejecicd for
use in C~130 production was obtained for the study. The vlank was a middle, lower
surface, C~[30 wing plank which has twe access openings and consequently has o largs
variation in cross=sectional area. The plank was sawed lengthwise into strips which
were representative of the width to be 1einfarced by one boran-spoxy strip.  Afier being
cleaned and prepated for bonding, the plani: was positionad in the tool and restrained at
the ends. Standard "cool tool” bonding precedures were followed in making the {aninats -
to~aluminum bend. In the first attempt, a failure in the temporary tooling occurred which
essentially allowed the bond to be completed without restraint o the aluminem. As
shown in Figure 31, the resulling bonded assembiy wos severaly warped. The resulting
bow to iength-iatio was about 1 to 7. A

The tool problem wos cerrected and thie bond cycle wos repeated with good results
as shown in Figures 32 and 33 . Some worpagz was s!ili evident. The bovs was sinusoidal
with reverse bows occurring in the thin suctions of the plornk. Figure 34 illustrates the
ease of straightening out the baws in this plank with only hand pressure being cpplied.
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In addition to this hand-stiaightening-operation, the wing plank and stiffener
were clomped together with C~clamps. Spacing of the clamps left short areas where
gaps were present between the plank and stringer. Figure 35 shows these gaps being
removed with finger pressure,

The full-length bonding studies have thus conclusively shown that, with proper
tooling, parts can be bonded to provide o bondline with a low stress at room temperature.
The resulting low warpage will allow assembly into a fuli wing box with a minimum of
difficulty.

6.2 HOLE GENERATION

A successful method for gensrafing holss inboron=epoxy taminates—reinforsed-with——
titanium was developed during Phase | and is fully describad in NASA CR-112i 26,
Efforts were continued during Phase 1} to improve hole quality. In punchmg holes in
the uncured boron-epoxy laminu. ., the punch would sometiines strike the edge of a
predrilled hole in the titenium doubler. This problem is related to properly pasitioning
the titanium doublers and holding this position during the punching oparation. To
clleviate the problem, the holes in the titanium were slightly enlarged and the punch
diometer was reduced.

As a secondary check of the effect of hole quality cn assembly strength, the
rainbow strep area of Phase | fatigue test specimen 130 PF-Z was cut out of one stringer
and tested. This specimen had several holes which were reiatively !ow cuu”ty Al
holes were puiled in double shear on the fasteners (hvice o lood cuperienced in
single shear for the actual assembly); in all hales tested, the .‘cs:ancr failed. Ther
was no failure in the boron-epoxy reinforced aluminum, which indicates that adequate
strength can exist even in relatively poor holes. The procedural changes noted ob\,vu
however, are allewing production of much impioved hole quality end will be used.

6.3 BLIND FASTENER INSTALLATION STUDY

During the Phase | fabrication of fatigue test specimen {30 PF-2, two delaminations
occurred during installation of blind fasteners. A study was initiated, fhercforc, to
determine how much back: ~up was required to corntain fhe svaging action of the lind
fastener on instaliction,

A 35-ply unidirectiona! laminate of boron-epoxy we: aveilable urd
was bonded to a piece of 7.950 mm (0.313 in.) thick ohm.nun* T'h‘ec different thick-
nesses of 7075-Té aluminum, 0.508 mm {G.CZ0 in. ) u'(z n (0,040 |=..), and
1.524 mm (0.0&0 in.), were bonded to theo Lucl side of *he boron-~epoxy leminate vsing

a rooin~temperature—curing epoxy adhesive .
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Holes were drilled through the oluminum/boron-epoxy sandwich using a step
dritling process to a diameter one drill size less than the diameter of the required hole.
The hole was then reamed to full dicmeter for the fastener. The resulting hole had a
burr on the break out side in all three of the aluminum thicknesses being checked. This
burr was removad before installation of the fastener.

After installation of the blind fasteners, the specimens were sliced through the
fasteners. |t appeared that the 0,508 mm (0.020 in.) thick material showed some
swaging action into the boron-epoxy laminate. Both the 1.0l6 mm (0.040 in.) and
1.524 mm (0.060 in.) thick back-up plates were satisfactory. Figure 36 shows the
cutaway view of the three thicknesses. ;

As a result of this study, the design drawings specify that o |.016 mm (0.040 in.)

58

thick 7075-Té aluminum reinforcing plate be bonded fo the blird turface of the~lamincte
at blind fastener hole locations.
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7.0. COST/PRODUCIBILITY DEVELOPMENT
7.1 COST ESTIMATES

7.1.1 Lcebor Cost Estimates

Preliminary cost projections for production quantities of C-130 center wing boxes
reinforced with boron-epoxy have been mede based on the cost data developed during
the Phase | fabrication of the three fatigue test components. These manufacturing
manhours were projected to a full-size C-130 center wing hox for all of the composite-
related-work. —No-cost-changes_in_the aluminum_structure occurred during the Phas

design effort. Conzequently, all costs shown are cost increments to the the aluminum
baseline.

Table Vil shews the distribution of basic monhours for each area of manufacivring
operations. These manhours are for composite fcbnfdf'on and assembly operations at
the 200th center wing box unit,

Figure 37 shows the manhours required to reinforce the C~130 center wing tox
with boron-epoxy for increcsing quantifies of production units.

7.1.2 Mcteric! Cost Fetimates

The C-130 center wing assembly vsed 159 kg (350 1b.) of beron-epexy preimprey-

nated tape; 85 kg (187 Ib.) in the uppar surfuce and 74 kg (163 1b.) in the lower surface,

At a material usege rate of 1.1 and an assumed cost for boron-epoxy tape of 5221/kilogrem

($100/pound), a materiai cost of $38, 500 per canter wing results, Additiona! moterials

such as adhesive and titanium shim stock might add another $1C00 for a total material
cost increase of $39,500 for o boron-epany reinforced center wing Lbox,

7.1.3 Summary of Estimated Incremental Cosis

The total cost increase to cdd boren-epoxy reinforcement to the C=-130E cantar wing
box is projected for the 200th production unit as follows:

Labor

695 manhours x $12.00/manheyur = $8, 340

Matrerial

$38,500 (boron-epoxy irue} + 21,000 {adbesive, ete.) = 339,500

i

Total Cost Increase (200th unii)

Labor + Material = §47, 841




TABLE Vil. - PROJECTED MANHOUR DISTRIBUTION FOR COMPOSITE FABRICATION
AND ASSEMBLY OPERATIONS AT THE 200th PRODUCTION UNIT

Titanium Boron-Epoxy | Cure Laminate Produce Total
Fabrication Lay Up and Holes
Bond Panels
Man Hours 1 06 80 459 50 695
Percent 15.2 i1.5 66.0 7.3 100.0
40C0
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FIGURE 37. - COMPOSITE FASKICATION AND ASSEMBLY
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———are-in-the-surface-ponel-assemblies-and-are-within-current C-130-production-practices.

At a fotal weight saving of 229 kg (506 Ib.), the computed value per unit of
weight saved is: '

$47,840 + 229 kilograms = $208.91/kilogram

$47,840 + 506 pounds = $94.55/pound

7.2 PRODUCIBILITY

The aluminum structure of the boron-epoxy reinforced C-130 center wing box is
essentially unchanged from a preducticn standpoint. All changes made to the box structure

Machining practices are unchenged. Changes involving firishing, sealing, and assembly
P =] ¥ = 3 S /
are within basic C-130 wing box manufacturing practices.

Boren-epoxy reinforcement fobrication practices and concepts weie develaped during
f P P ; 8
Phase i.. These same concepts have been translated into the full-scale center wing box
design. Special effort was made throughout design development to reduce or eliminate

S g P
the impact of the addition of boron-epoxy reinforcement,

Installatien of the complefed reinforced centsr wing box will be the same «s far
regular producticn center wing boxes. '



8.0 RELIABILITY AND QUALITY ASSURANCE

A reliability and quality assurance progrem was continued in uccordance with a
NASA-approved program plan. The plan, which complies with required elements of
NASA specifications NHB 5300.4 (IA and 1B), was revised during Phase Il to
incorporate program changes in the subsequent producticn and test phases.

8.1 RELIABILITY PROGRAM

The objective of the C~120 composite-reinforced wing box reliability program is
to attain a high level of inherent reliability in system design; to assure that this level
of reliability is not degraded througheut the production, test, and operationol phases;

and to provide to NASA the assurance and visibility that specifiad relichility require-
ments ore achieved. During Phase I, reliability program activities were primarily
concerned with detail design and manufacturing development. A continuing program
of informal reviews, biweekiy stotus meetings, and quarterly program reviews was used
to assess progress and identify and resolve problems.

8.1.1 Religbility Progress

As detcil design progresses, drawings were reviewed for reliabiiity adequeey.
~ o 4 I ! /

e numbe steners which penetrate the boron- s been minimized b
Tt ber of fasteners which trate the boroh=-epoxy has bee zed b
redesigning plumbing brackeis and revising fastener hole oatterns. Several potential
manufacturing problems were thereby successfully aveided, Formual static strengii,
fatigue endurance, ond flutier enclyses have been completed which show the finc
design to be suitakble for the intended application.

~ Ll

Favorable results werez obtained in the single stringer and short panel compizssion
ests s well as in the buckling evaluation tests. Thus, the questions arising from the
Phase | buckling tests have been resolved und the adequacy of the buckling analysis hes
been demonsirated.

Work on r aterial and process specifications wos satisfactorily completed. Euch

specification was reviewed for reliobility adeauccy. Severcl chonges were incorporated

in process specification STP 60-205 to sirengthen and clarify the requirements for
bonding cured boron-epoxy laminates to aluminum.

Significant manufacturing development nrogress was made in Phase i1, The
cool~tool concept was refined to obtain better control of warpage in a skin penel of

{

changing <ross-section. Veluable experiencs was aguined from the bonding of full-length

stringer ard skin panel specimens. Sevaral skin panzl failures during bonding identif
the degree of tooling supparf required in thin panel sections and will result in better
producticn tooling. The amount of warpzge in the long stringer and skin panels appears
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to be quite ccceptable from a stress and assembly viewpoint. Although the ability to
hold locaticn tolerances between holes on the full-length parts was demonstrated, this
is an arca where special attention may be required in production. Hole quality in the
boron~epoxy laminates and titanium shims was improved by a slight increase in titanium
shim hole size, which reduces the chance of damage while punching the hole in the
boron-epoxy.

Manufecturing and inspection planning was initiated on a pilot basis to identify
and eliminate any potential barriers to effective communication of fabricaticn, assembly,
and inspection sequences. These are areas where a high degree of detcil must be
transmitted to enhance achievement of high quality in the FuH-scalc;v\mg boxes.:

.Pianning effcrts included making provisions for material katch and age conirol, as well

as the recording of crmcal pcmmefers such as time, femperci";ze, and pressure during the

64

layup end banding processas, T

8.7.2 Reliability Assessment

Qualiictive assessments were made of the confidence level for uchievemant of
reliability objectives with the current state of technology in the areus of design,
analysis, materials and processes, manufacturing, inspection, and testing. Eoch
assessment was based on a detailed review cf the maiy factors involved in mc hoarca.

proved extent and type of exper rencp (’um uvmlcble, number of critic
sequences, numbar of relative unknowrs, complexity of methodolegy, s

required, ard schedule restraints.

A high confidence level continuzs in the area of design. The design configuraiion
is based on the proved C~130 wing box design, Phase | ond Phase Il test results, und
thorough static strength and fatigue analyses. Several specific design changes were
incorporated tc avoid potential manufacturing problems.

In the creo of static strength and fatigue analysis, the confidence leve! ranges from
good to high. Computerized chiym data along with compression test results have
improved tha Phase {1 reliability confidence level.

The maierials and processes confidence level remains good, A significant contribu-
tici to reliakility achievement was the development of process specification STP ¢0-205,
defining th: bonding of cured boron-epoxy laminates tc aluminum.

A notable improvement in o good reliubility confidence !we. was mosie in manufac-
turing duve,_,p-z ent. Contributing fo this improvement was the added experienca with,
and refinemoni of, the ccol-tool concept, successfui br'nomg oF qu'ergHﬂ siringer

and «kin par‘”ls, and demonsiraied ability ia (onfrr;! warpoge and meet hole quaii;‘y ang
location tolerance requirements.,



Confidence in inspection capabilities is rated good. State-of-the-art non-
destructive inspection equipment and methcds are being applied. The design configura-
tion will use considerable reliance on established material and process controls to
assure adequate bonding.

Wing box testing remains o high confidence area because of the similarity to
previous C-130 static and fatigue test programs. Successful component testing during
Phase !l reinforced this high reliability confidence rating.

The consolidated reliobility assessment is that a good to high confidence level
exists at the end of Phase |l in the composite-reinfoiced wing box design and in the
state of readiness for successful fabrication and assembly . '

8.2 QUALITY ASSURANCE PROGRAIA

Quatity Assurance effort uuring the Detailed Design Phase consisted primarily of
reviewing design drowings for inspectability, formalizing of nondestructive test metheds

and techriques, and inspection support of Phass il test specimen fabrication.

8.2.1 Design Support

Detatil design drawings were reviewed to defins potential inspectability problems.
The most significant inspection problem encountered relcied *o the inboaid engine drag
anale attachment where the ussembly sequence 1equited that holes be drilled through
thoe lamingla-reinforced lower surface skin during final wing bos assembly . This design
was nob acceptable for inspection because cf the risk of delamination when drilling from
the metal cide without back=up support to the lemirate. The possibility of deiecting
domoge and the difficulty of repairing it in the limited access urea under the hat-section
stringers dictated the need for redesign. As a resulf, an aliernative design wus devised
which eliminated the blind hole and fastener requirement. This altemative has been
previously described inSection 3.0 of this repcrt. In genzial, the use of blind fasteners
through beren-epoxy lominates was discouraged. ¥When blind fasteners were uncvoidablz,
suitable bearing »lates were provided to protect the lominate from the hecd or tail end

cof the fastaners.

8.2.2 Non~Destructive Inspection

Uitrcuonic inspection procedures were finalized for checking the quality of the
Soron~epoxy laminates and. the laminate-~to~clumirum bond. Thru~iransmissicn and

pulse-echo inspection techniquas are applied using the fellowing equinment:



o Reflectoscope, Sperry UM=715

o Transducer, 5.0 mHz, |/4~inch diometer, Longitudinal Wave,

Sperry P/N 57A22 14
o Cable, 6 foot, Micradot/UHF Connector, Sperry P/N 57A2270
o Video Plug-in Module, 10 N, Sperry P/N 50E533

o Couplant (water is typically used)

o Calibration Standard &

o Alom ock;Polished-to-MirrorFinishT 3+8-em-{=5-inv)-widex-5+08-cm

(2.0 m.) deep x 15.24 cm (6.0 in.) long

8.2.2.1 Laminate Inspection

Laminate quality is detemmined using thru=transmission ultrasonic techniques where
loss of sound transmission indicates a void area. Sound is transmitted through the laminate
to an ultrasonic mirror, then back through the laminate to a receiver, as illustrated in
Figure 38. A water couplant is used to couple the transducer to the laminate strip and
the strip to the ultrasonic mirror klock. With the transducer placed on the laminate, the
reflectoscope gain is adjusted to obicin a back~reflection from the mirror block as
illustrated for o gzzd lzminzts in Figure 38 | The mirror is then removed to simulate @
delamination, and the reflectoscope display is as illustretad for o delaminatad area in
Figure 38 . Thus the laminate itse!f is used as a calibraticn stondard,since the presence
or absence of o signal indicotes good or delominated areas, respectively. After
calibration,the lamingte strip is inspected with the mirror block water coupled fo one

side of the laminate strip and the coupled transducer scanning the oppesite side. If no
defects ore detecied,ihe mirror block is moved to another area until the entire laminate

is inspected. All of the laminates produced in Phases | and 1} were 100% inspected, and

io delaminations werve found.

8.2.2.2 Berdling lnspéction

The bondline between the laminate and the cluminum skin or stringer is inspected
using puise~ccho ultiusonic technigues. If the inspection is inade from the boron-epoxy
side, the technique is similar to that used for lamingte inspaction with the u!ummum
skin acting as the mirror. An inspection from the aluminum side requires calibration

C ot . R . . | N - .
with a bnown standard, as illustrated in Figure 39 . The nmulse~echo meithod detacte
4 r

A :
Z_g\lThe term "stondurd" does not refer to o specification or military standerd. |t is, insiead,
a piece of calibration equipment, representative of the part to be inspected, which con-
fains intenticnally included d.,fsaos as well s "good" areas. The use of this stunderd s

described in subzequent soctions of this report.
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voids by differentiating between high sound dampening areas and no sound dempening.
In the nearside void case, the sound energy continues to echo in the aluminum component
and is indicated by a saturation signal on the reflectoscope. The instrument is cali-
brated by coupling the transducer to a good bond location on the calibration standard.
The sweep is then adjusted to cause a signal display similar to the good bond signal
illustrated in Figure 40. By sliding.the transducer over each simulated disbond in the
standard, the characteristic signal for each type of disbond is observed. Typical de-
lamination or disbond signals are also illustrated in Figure 40. Nearside distonds or
disbonds between the aluminum and the adhesive are readily detectable. Farside dis-
bonds or disbonds between the adhesive and the laminate are more difficult to detect
from the aluminum side. The sound dompening characteristics of farside disbonds often
produce a reflectoscope display which is befween a good bond signal and an idzal

— — ———— —farside-disbond signal- —~Although-seme-signal-is-returned,—it_is weaker_than_that

returned for the clearly "good" display. This signal can be interpreted by experienced
technicians using calibration standards which closely simulate actual defects. Such
interpretation, however, requires a high level of expertise, and work is continuing to
simplify the procedure. Partiall:- delaminated buckling and fatigue test specimens

are being used in this work.

Assembled wing planks are inspected for bond integrity by scanning the aluminum
surface with the water coupled transducer and observing the display for signal choracter-
istics indicating a probable disbond. Nermally,ultrasonic inspection will not pick up
shallow disbonds along the edge of a part. Voids or disbonds up to abeut 3.175 mm
(0.125 in.) from the edge of the part must be detected visually or mechanicelly.

A method for real-time monitoring of udhesive cure during composite Londing was
explored using an Audrey 1l dielectrometer and analog compuier system. Inputs to the
analog computer ave temperature, bondline conductivity, bondline capacitence, bond
pressure, ond elapsed 1ime. By developing a parameter sensing program which
characterizes the AFI27-3 adhesive, an effort is being made to produce ¢ running
estimate of final bond strength with high correlgtion to lap shear values. This work is
expected to allow use of the dielectiometer/computer system in conjunction with
standard process controls during fabrication of fulkscale bonded assemblies.

8.2.3 Fabrication Inspection

Nondestructive evaluations were cor:ucted on test specimens fabricated during
Phase II. The composite strips were ultrasonically evaluated prior fo bonding. The
bondlines were evaluated for voids and porosity after bonding. A discrepancy was
noted in fesi panel [30PR4-7-1 and documented cn DR 877632. There was a void at
the edge of the bondline about one inct long,starting one inch frem the end of the
part. The void, less than 3,175 mm (C.125 in.) wide, was not detectable with ulira-
sonics since it was on the edge of the pert. The defect was repaired by injecting
EA 9309-1 room-temperature-cure adhesive into the void ared.
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All specimen parts were inspected for dimensional conformity and workmanship, and
only two discrepancies were noted. Two fest panels, 130-PF-401-17 and ~19, were
withheld on DR 25505 for "holes not to print." There was some distortion of the titanium
shims at the holes and 0.381 to 0,635 mm (0.015 to 0.025 in.) positive cones around
the holes on the laminate side, Parts were accepted "osis" for the test. As a result
of this discrepancy, a program was initiated to improve the quality of holes in the
boron-epoxy laminates. An improved hole-generation technique, described in Section
6.0, resulted from this work.
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9.0 EXPERIMENTAL STUDIES

During the component tests, conducted in Phase |, two areas were identified where
some additional testing was necessary. The more important of these was related to ihe
compression tests performed in Phase |, where some problems were encountered in obiaining
valid buckling failures in the panel tests. These problems were associated with term-
inating the boron-epoxy laminates at the specimen ends to allow final machining and
uniform introduction of compressive loads. On past programs, difficulty has been
experienced in applying compressive loads directly to unidirectional boron-epoxy lam-
inates. Local stresses at the bearing surface caused failure of the epoxy matrix,
resulting in unsupported fibers. The unsupported fibers "broom" and unlcad the famincte.
Difficulties are also encountered in machining boron-epoxy with conventional cutters.
For these reasons, boron-epoxy laminates for the Phase | buckling specimens were

staged out with fitanium inlays af the specimen ends. A skorf titanivm plate was plaved—
over the termination, and mechanical fasteners were installed ihreugh ihe plate,

laminate termination, and aluminum structure. This scheme, however, resulted in
sufficient local eccentricy to precipitate failures near the specimen ends, and pre-
vented determination of the true buckling capabilities of the specimens. Becauss

of these problems, additional buckling evaluations were perfermed during Phase 1.

The second area related to detail design selection in the radius of a stringer
cutout. During PF~| fatigue fests, minor fatigue cracks were found originating from
cutouts of the stringer crown on some stringers ferminafing at the W.5. 0,00 access
door. Although these particular cracks were traced to a sharp edge remoining after
the cutout was mude, it gpp vared that some slight configuration changes might provide
a much better cutout design, and specimens were tasied o varify the design selection.

The testing conducted in thase two areas is discussed in the following subsections.

?.1 PRELIMINARY CRIPPLING TEST

Prior to initicting the Phase 1i buckling studies, preliminary evaluations were
conducted to improve the specimen end cenfiguraiion. A arippling-type specimen
was selecied for the preliminary evaluation. |f satisfactory performance could be
obt:ined at strain levels required for crippling, satisfactery performance would be
assured at strain levels regquired fo produce a buckling failure in the test panel.
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?.1.1 Description of Crippling Specimen

Rather than constructing o crippling specimen, a short single=element section was
cut from fatigue specimen 130-PF-2 which was tested during Phase |. The element
had an extruded skin of 7075-773511 cluminum alloy and a hat-shaped stiffener of
7075-T6511 aluminum alloy. The inside crown of the stiffener had a 2.29 cm (6.9 in.)
wide boron-epoxy lominate centaining 33 unidirectional plies, and the skin had a
5.08 cm (2 in.) wide leminate of the same thickness. The stiffener was attached to
the skin with TL=100 Teper-lok fasteners of alloy steel. Configurction of the finished
specimen is shown in Figure 41,

9.1.2 Fcbrication of Crippling Specimen

The spanwise edges of the element were machined to produce a symmetrical specimen.
Two 3.8 em (1.5 in.) long rings were cut from a 152.4 cm (6.0 in.) diometer steel pipe.
A ring was placed on Teflon film and nearly filled with a mixture of five parts Magnabond
69-2A to one port Magnabond 69-98. One end of the test element was placed in the
mixture, which was then allewed to cure. When the first end was cured, the other end
was prepared in the same manner. Magnabond is a filled epoxy tcoling plastic which has
low shrinkage upon curing. As an epoxy it also has adhesion. The purpose was to
completely encapsulate the element ends, especially the cavity between the skin and
stringer. Encapsulation plus adhesion to the boron~-epoxy and aluminum paris was expected
to provide sufficient support to prevent demage to the laminate upon subsequent machining.
Also it was hopad ihai sufficient laterct support and containment would be provided to
allow direct compiessive looding of the lamincte without expericacing brocming of the
bearing surface. The elemaent ends were then machined flot, paraliel, and normal to the
span. A shell-type milling cutter was used, and it was necessary to sharpen the cutter
after making abeut five passes. No drimaas was caused by the machining., A view of a
machined end is shown in Figure 42, The boron-epoxy is practically invisible since its
coler blends with that of the Magnabond.

The element was instrumented with clectrizal resistonce strain geges at the locations
shown in Figure 43. All gages were of ths axial type with their grids cligned in the span-
wise direction. Two gagss, on the boron-epexy laminates, were installed prior io casting
the ends in Magnabond, and ware installed as close to the spanwise centerline of the
element as possible without disassembly. Lead wiies [oi these two gages were reuted
through a small hole drillud in the upstanding leg of the stiffener. The hole was apprexi-
mately 5 ¢m (2 in.) from one end and on the approximate centroid of the element.

?.1.3 Crippling Test

The test specimen was pieced in the compression bay of ¢ 17.79 = ]OSN (400,000 1b.)
capacity Baldwin Universal Testing Machine. Load was applied through ground stecl
plates, sived o that lood waos net applicd to the steel ring surrounding, the Magnabond.
The moximun: lowd! ronge was vsed, and load wos applied in 4.45 x 107N (10,000 Ib.) in-
crements until specimen failure. Load vias held constant at each increment long enough
to collect strain duta using o Baldwin Sirein Indicotor along with a switching ond hal -
ancing box. Specimen Tailure occurred at o loud of 7.78 x ]OSN (175,000 Ib.).
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?.1.4 Evaluation of Crippling Test

Test specimen foilure at ¢ lead of 7.78 « 105!\3 {175,000 ib.) occurred in the test
section, and there was no evidence of end efflccts, Fhotogruphs of the failed specimen
are contained in Figure 44, Load-itrain data were csllected for ol nFrw sirain gaga
locations. Typical load=strain datc cre presented in Figures 45, 46, and 47.

Observation of the sirain duta showed that the boren-cpoxy leminates sustained
maximum strains comporoble with those obtained {or basic compression sondwich beom
tests for 'Doron—epcxy iaminates. The valid {ailure, coupled with the high strain level
susfained, provided confidence mu‘ thic method of end pregaration could successfully
be used on the Phase il buckling evalueiion.

In this fest, and in ol ofbar tesls conducied, ihe specimens were sec ioned after

testing, and were dimensionatly checled,  All brrts were within Ci’:?."SiCI tolerances.
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9.2 SHORT PANEL COMPRESSION TESTS

After the single-stringer compression test had shown load introduction end effects
could be successfully minimized, three short panel compression tests were conducted
to evaluate the improved lood introduction and to provide better compressive strength
data. These short panels were cut from part of an unused buckling panel, fobricated
in Phase | but untested because of the load introduction problems. The short panels
were representative of the upper wing surface between wing stations 20 and 61.

9.2.1 Description of Short Panels

Three-short-panel~compression-specimens-(1-30-PB-3A~1A,-130=PB=3A=3A, _und

130-PB-3A-5A) were obtained by cutting the remaining Phase | 130-PB~3 buckling
panel, Figure 48 shows the general configuration of specimen 130-PB-3A-1A, while
the configuration of specimen 130-PB-3A-3A and 130-PB-3A-5A is shown in Figure 49.
The difference in configurations 'tes in the fastener system used where some steel
fasteners were used in the =3A and -5A specimens and aluminum rivets were used in
the center of the =1A specimen. Fastener systems are described in detail below.

9.2.2 Fabrication of Short Panels

Figure 50 illustrates the manner in which the specnnens were cut from the remain-~
ing 130-PB-3 buckhng.specnnan The short specimen: weare cach 0,457 m (18 in.) long
and three stiffeners wide. Thke heavy titanium blocks in the laminate ends of the P2-3
panel were removed and ¢ Jnux.ded The remaining portion of the component was then
cut into 0.457 m (18.00 in.) lengths, which were esseniially identical fo cach other
except for some veriation in fasteners, The 130-PB-3A-1A specimen had sicel Hi-loks
attaching the stiffeners to the ckin near the ends, but retained aluminum rivets in the
test section ac shown in Figure 48, In the 130-PB~3A-3A and -5A specimens, which
were identical, the aluminum rivets originally in the 130-PB-3 panel were replaced
with steel Hi-loks as shewn in Figure 49,

All specimen ends were cast in Magnabond using a method similar to that used for
the preliminary crippling tast specimen s reperted in Section 2.1, Steel end frames
were fabricated and were used as melds for the epexy that encapsulated the ends of
each specimen. After the epoxy had cured for 24 hours at room temperature, the ends
were machined flat, parallel, and normal to the spon. Final machining was carried
out with o grinding wheel attachied to the drive shaft of a Lucas horizontal boring mill.
This process provided an end flatness vithin + 0.0254 mm (+ 0.001 in.).

Each test speciman was imh'umf.n.‘cd with elecirical resistance strain goges.
Generaily, Denironics guges, Type 204013, were used on aluminum surfaces, and B, L H.
gages, Type FAE- 2r—s2_>o, weie used on boron- -epexy leaminate surfaces. All gages were
of the axial type with their grids aligned in the spanwise direction. Since all the rivets
had 1o be remcved from the 150-FE-3A-3A and ~5A specimens, it was convenient 1o remove

(o8]
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the stiffeners and install gages on the boron-epoxy laminates prior to reassembly. This was
not so for the 130-PB-3A-1A specimen; therefore, the only gages that were located on

the boron-epoxy laminates in that specimen were those that had been installed prior fo
assembly of the large 130~PB-3 panel. Strain-gage locations for the specimens are
presented in Figure 51 and 52.

9.2.3 Short Panel Tests.

All tests were conducted ina 5.34x 108 N (1,200,000 Ib.) capacity universal
testing machine. The 2.67x100 N (600,000 1b.) load range waos used,and the machine
had on accurocy of 0.1 percent of load range or 0.5 percent of indicated load, whichever
was greater. A typical test arrangement is shown in Figure 53 . Initially, a small

compressive load was applied to the specimen,and sfrain measurements were recorded
A B&F digital strain data acquisition system was used for collecting all strain data.

Based on these strains, loading alignment was edjusted using the alignment
mechanism which is an integral part of the testing machine compressive loading heod.
Strains were again measured and examined for uniformity. This process was repeated
until acceptable uniformity in strain distribution was achieved. During this process,
the load magnitude was limited to upproximately 25 percent of the predicted failing lcoii.

Specnmen 130-PB-3A-1A was loaded in 2.22x10° N (50,000 1b.) increments up fo
13.34x10° N (300,000 i !o ), and each incremental load was held constant long enough
to record stiain data. The load was then reduced to 2.22x10° N (50,009 Ik.) and sircin
data were again recorded. Lead was subsenuenily increcsed o 13, .34x50rS N (300,000 1.)
ond the strain duta were compmed viith those obtained previcusly for the first \,;,m'u, o
of this load level to check for permanent set. Loading was then continued in 2 275007 N
(50,000 ib.) increments until failure occurrad ot 26. 69x10° N N (600,000 Ib.). A similar
procedure was used forspecinmens 130-PB-3A-3A and 130-PB~-3A~5A, axcept that the
permanent set check was omitted,and the incremental lochg wus progressively appiizd
to failuie. Specimen 130-PB~3A-34 failed ot 26. 20x10° N (582,000 1b.) and
{30-PB-3A-5A failed ot 25.53 x 109 N (574,000 1b.). '

9.2.4 Evaluation of Shert Panel Tests
. 5. o 5 o

Faxluresloads of 26.69 x 107 N (606,000 ib.), 26.20 x 107 N (58%,000 ib.), and
25.53 x 167 N (574,000 lb.) for specimens 130-PB-3A~1A, -3A, and ~3A, respeciively,
exceeded the predicted failure loud of 25.0 x 109 N (562,000 1b.) for all three specimens
and provided a comfortable meargin of safety. All panel failures occurred in the test
section with no evidence of end effects. In these specimens, no noticeoble diffrences
could be attributed to the difference in fastener systems. All specimens failed within «
narrow scotter band and all tesis resulted in good crippling failure modes as typified by
the foilure mode shovin in Figure 54,

Typical test lood-strain data are thown in Figures 55, 56, 57, and 58. . Data from
the strain yuges showed thot boren-epoxy iummcfes of all three test specimens sustainod
strains prior to specimen {eilure comparoble with strains obtainable from compressien
sond\'xd" beam tests., }
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9.3 FULL PANEL BUCKLING TESTS °

Following successful completion of the preliminary crippling tests (Section 9.1)
and the short panel compression tests (Section 9.2), two buckling specimens were
fabricated which were similar in configuration to Phase | specimen [30-PB-{. Both
specimens were comprised of wing skin panels having hat shaped stiffeners, and the
skins and stiffeners had adhesive bonded strips of unidirectional boron-epoxy laminates.
The two large buckling test specimens were fabricated and successfully tested with
no evidence of end condition influence on the test results.

9.3.1 Description of Buckling Panels

The specimens, 130-PB4-I and 130-PB4-3, were nominally configured to the
design of the single-plank upper surface specimen 130-PB~l with three hat stiffeners.
The nominal length and width of the spacimens were 1.905m (75 in.) and 0.457 m
(18 in.),respectively. General configuration of the two specimens is shown in Figure 59%.
Both specimens were identical in configuration except for the crown thickness of the
aluminum alley stringers. For specimen 130-PB4~| the crown thickness was 7.620 mm

(0.300 in.) and the thicknass was 4.572 mm (0.180 in.) for specimen 130-PB4-3. |

9.3.2 Fabricotion of Buckling Panels

All aluminum alloy parts were machined and passed required Quality Assurance
inspections, including penstrant inspection. The twe specimens were fabricated
with the cool tool technique. Previous tests had shown thai the warpage might be
decreased by additionally heating the boron-epoxy laminote to assure full expansion
at the bonding temperature. This method was used. The boron~epoxy strips were
maintained at a temperature approximately 740, 9% K (10°F) above that of the alwninum.
The resulting skin warpage was less than 0,00257 mm/mm (in./in.) throughout the
length of the constant section skins. The hat sections, however, had o very slight
reverse bow. Both finished specimens were flat and well within the C-130 center
wing box tolerance requirements. The specimens passed all inspections items and weie
documented on stondard shop orders.

The skins had two integral stiffeners and weie machined frem standard 7075-77351
aluminum alloy extrusion. Stringers for both specimens were hat-shaped and were machined
from 7075-T65! | aluminum alloy extrusions. The hat-section reinfoicing laminates were
2.29 cm (0.9 in.) wide and contained 46 plies of unidirectional boron=-epoxy oriented in
the 1.905 m (75 in.) length direction. The skin assembly for each specimen was comprised
of three laminates banded to a {30-PR4~5 skin, These skin reinforcing luminates were
5.08 cm (2.0 in.) wide and contained 46 plies. The stringer ussemblics weie attached to
the <kin assemblies with alloy steel Taper-lok fasteners, TLIOO. One of the finished
spacimens is shown in Figure 60. Magnabond was cast on the specimen ends, and fing]
machining performed in the manner previously described for the short panel compression
fects (Section 2.2). Figure 61 shows a specimen end after casting in Magnabond .
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After assembly and finol machining, measured dimensions of 130PB4~-1 were 1.908 m
(75.1 in.) long by 0.451 m (17.75 in.) wide. The assembled panel was determined to be
flat within + 0,25 mm (+ 0.010 in.). For 130PB4-3, measured length and width were
1.905 m {75.0 in.) ond 0.452 m (17.80 in.), respectively. This specimen deviated from
flatness by 1.27 mm (0.050 in.) in both the spanwise and chordwise directions. The
flatness deviation produced a concavity in the skin, which was accounted for in
comparative analyses.

Each of the two specimens was instrumented with electrical resistance~type strain
gages at locations where strain data were desired to guide specimen alignment prior to
test as well as to menitor specimen strain state during testing. Gages were located on
the aluminum alloy elements as well as on the boron~epoxy laminates. Gages on the
laminate_surfaces-were-installed_pricr_to_completing_the_specimen_assembly. Lead wires

were attached to the gages and were routed spanwise so that all leads extended from

the same end of each specimen. During final assembly of the specimen, a 4.57 mm
(3/16-in.) diameter hole was drilled in one vertical leg of cach stringer and the lead
wires were threaded through these holes to the outside. The holes were drilled 11,43 em
(4.5 in.) from the specimen ends and approximaiely on the cenfroid of the skin-stringe
element. Gages were applied to the metal elements on the outside surfuces of the
specimens, Boldwin Type FAE-25-1256 geges were applied o the boron-zpoxy suifaces,
and Dentronics Type 204C13 gages were applied to the aluminum surfaces. All gages
were of the axial type and were aligned parallel to the sponwise direction. Specimen
130PB4-1 had 48 gages. Thirty-eight gages were installed on specimen 130F84-3. Gege
locations are shown in Figures 62 and 63.

~|

During manufacture of the Phase | panal buckling specimens, pieces of the skin
stringer exirusions used were collected to determinz tensile and compressive properti
of the specimen materials. The same pince of extrusion was used for the 120PB4~1 o
130PB4~3 skins, consequently, mechanical properties of the skins were common to thesc
fwo specimens. The hat-sheped stiffeners were procured especially for this progrom end
cll extrusiors of a given type werz from the same production batch. Conseyuently,

an
es
o

mechunical properties were determined {iom cne piece of material for each differont tye

stiffener, Since the same bosic extrusion wos used for the stringers of both fp("'lm\.f'=
echanical properties of these were also common to both specimens. All proparty

for the skin ard stringer extrusions were within the cilowable specificaticn fof-zarcnccs.

9.3.3 Buckling Ponel Tests

. 5 .
The spacimens were tested in the compression bay of @ 53.38 x 107 N (1,200,000 ix.)

capacity Baldwin Universal Testing Machine. A beam with ground f faces vias centered on
the testing meching picien, ond ¢ spesimen was pleced on the beem. A ground plate s
sondwiched between the oiher end of the specimen «md the machine crows-hend, Dig
indicators, attached to cn external frame, were used to measure lateral deflection:z ot

several spanwise and chordwise positions on the spec:mens. Figure 64 shovis the dial
indicator positions for the specimens. Dicl indicators used had a sensitivity of 0,025 wnm

(0.001 in.). Stiain-gage lecas ware connected o o 3&F Model SY 156 data acauisition syt

/
veith 200-channel cupucity and digitzl output af o mastimum print rate of 20 chanaels per
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second. The test arrangement for both buckling specimens is illustrated by Figure 65.
After the specimen was arranged in the testing machine a small compressive lcad was
applied and strain meusurements were recorded. Based on these strains, the loading
alignment was adjusted and strains were again measured and examined for uniformity.
This process was repeated until acceptable uniformity in strain distribution was achieved.
During alignment, load magnitudes were limited to 20 percent of the expected buckling
load for the specimen.

The 26.69x10° N N (600,000 Ib.) load range was used for testing both specimens.
Load was oppl:ed to the spacimens in 2, 22x10° N (50,000 Ib.) increments up to
13.34x10° N (300,000 Ib.) for 130PB4-|l and up to H.|2x|05 N (250,000 ib.) for
130PB4~3. Load was held at each increment long enough to record strain and deflection

data. The lead was then reduced to 2.22x10° N (50,000 Ib.) at which strain and

deflection data were again recorded. At this time the dial indicator support frame was
moved away from the specimen to prevent damage upen specimen fuilure. Load wos then
increased to the previous mc,umum load and strains were again recorded. The icad was
then increased in 2.22x10° N (50,000 Ib.) increments to failure and strains were
recorded at each increment,

9.3.4 Evaluation of Buckling Tests

Failure of 130PB4-l occurred whllr- shh:llzmg load ot 22,24 ,\!O N (500,000 ib.)
as compared to ¢ calculated load of 22. 15x10° N (498,000 ik.). The pane! exhibited «
permanent set as showin in Figure 66, but there was ro evidence of local huckling for
the dluminum alloy perte. One stringer was then removed to allow inspaction of the
boron~-epoxy laminates. The leminate bondad to the skin had sustained little domauge;
however, the stringer laminate had a chordwise frecture at mid=span. It was also failed
over the entire span by failure of the matrix between the scrim ond first ply of boron on
the adhasive bonded side. Typical strain and deflection date for spacimen 130PB4-] cre
presented in Figures 67, 68, 69, 70, and 71. These dato show excellent strain/lead
linearity beyond two thirds of the {uilure |c~d ond uniform lead distribution within ihe
specimzn. Dial gages show that latera! defleciions were minimel and did not
significantly affect the test results.

Specimen 130P34-2 failed at a load of 19.82 <102 N (445,500 Ib.) compared to &
predicted value of 17.79x105 N (400,000 ib.). Unlike I13CFE -1, the specimen failed by
focel insiability of the aluminum alloy parts as well as exhibiting boron-epsxy failuras,
However, demage to the stringer laminate was minimal while the skin laminate exhikitad
fractures, spanwise splitting, and failures of the matrix between the scrim and f:rsv ply
of boron on the adhesive bended side. Figure 72 shows the failed specimen. Typical
strain and deflection data for specimen 130P84-3 are presented in Figures 73, 74, 75,
cmd 76, Thase duie shovw cucellient strain/load hmov'it beyond two=thirds of tha

ailure lood and uniform loud disiribution within the specimen. Dial gages show that
fhs: lateral deflactions were minimal and did net significantly affect the test results,

100



—4—}
¢
o)
Yo
D
Teo

0.508 m
(20.0in.)

0.508 m
(20.0in.)

G G G
HAT ~ HAT  HAT

FIGURE 64. - DIAL INDICATOR LOCATIONS FOR SPECIMENS
130-pPB4~1 AND 136-PR4- 3

FIGURE 65. - GENERAL TEST ARRARNGES

EMENT FOR SPECHAENS
130-PB4-1 AND 130-P'E 4 3

11



‘Ado>
. Eo..wSm

&

1
I
L.
in

e TR e

TEST

AFTER

')

CN130PB4-]

[l"\' “I {

SptC

102



COMPRESSIVE STRAIN - ecm/cm (in./in:)

0.004 ;
\
X
5
it
]
!
4
|

0.003 ’,
i
i
;
1
!f’{ ]
|
)
}
L7
fi 13

0.002}- ]

3
'_‘)'
0.001 ; .
,"
o FAILURE —
; LOAD
LEVEL
ot— 1 __ — o]
0 44.5 89.0 133.4  177.9  222.4  266.9
(100} (200) (300) (400) (500) (600

COMPRESSIVE LCAD - 10

FIGURE 67. - COMPRESSIVE LOAD VERSUS STRAIN

PANEL BUCKLING SPECIMEN 130784 -1
STRAIN GAGES HNO . 1, 7, AND 13

103



0.010 , [
[ 16
0.00 & 10
ED 4
0.008 g
]
;
!
gt
~ 0.007 I
£ . 71
~
> ]
£ 0.006 14
N ]
5 /,
III
] .
z  0.005 _ /!
s il
- /:(“D
& Y
w /i
2 0.004 S
vy ff}/
[Va) 7z
L; //
a. ﬁ.;.’/
2 . e
o) | oy ad
O N 002 r-,”;” e
753
&
's‘? : 144
& FAILURE —77
0.001 b{ LOAD i
LEVEL
£ |
. f- | L )
0 44.5 89.0 133.4 177.9 222 .4 266 .7
(100) (200) (300) (400) (500) (£00)

COMPRESSIVE LOAD - 107 N {KIPS)

FIGURE 68. - COMPRESSIVE LOAD VERSUS STRAIN
PANEL BUCKLING SPECIMEN 130P84-)
STRAIN GAGES NO. 4, 10, AND 16

104



COMPRESSIVE STRAIN - ecm/cm (in./in.)

As
/7
0.004
0.003 |-
®©5
0.002 .
0.00]
’;,f
EAILURE —
LOAD
LEVEL
0 | l
0 445 89.0  133.4  177.9  222.4  266.9

(100) (200) (300) (400)4 (560) (6G0)
COMPRESSIVE LOAD - 107 N (KIPS)

FIGURE 9. - COMPRESSIVE LOAD VERSUS STRAIN
PANEL BUCKLING SPECIMEN 130PB4-1
STRAIN GAGES NO. 5 AND 6

105



LATERAL DEFLECTION - mm (in.)

106

1.270
(0.05)

1.016
(0.04)

0.762
(0.03)

0.508
(0.02)

je)
N

o

—_
(o]

NS
N4
)
0 22,2 44,5 66.7 8%.0 111.2 133.4
(50) (100) (150) (200} (25G) (200)

COMPRESSIVE LOAD - 104 N (K1)

FIGURE 70. - COMPRESSIVE LOAD VERSUS LATERAL DEFLECTION
PANEL BUCKLING SPECIMEN 13054~
DIAL GAGES NC. 4, 5, AND &



LATERAL DEFLECTION - mm (in.)

1.270
(0.05)

1.016
(0.04)

0,762
(0.03)

22,2 44.5 66.7 89.0 111.2 132
(50) (100) (150) (200) 259) {

COMPRESSIVE LOAD - iO4 N (KIPS)

FIGURE 71. - COMPRESSIVE LOAD VERSUS LATERA L DEFLECTION
PANEL BUCKLING SPECIMEN 130PBA-1
DIAL GAGES NO. 2, 5, AND &

107



108

FIGURE 72,

o R
R ADIC oY

3PN

('STRINGER SIDE)

SPECIMEN 130PB4-3 AFTER TEST



COMPRESSIVE STRAIN - cm/cm (in./in.)

0.004

0.003

0.002

0.001

FAl LURE-—/

LOAD
LEVEL

4.5 89.0 133.4 177.9 222.4
(100) (200) . (300) (400) (500)

COMPRESSIVE LOAD - 107 N (KIPS)

FIGURE 73. - COMPRESSIVE LOAD VERSUS STRAIN
PANEL BUCKLING SPECIMEN 130PB4-3
STRAIN GAGES NO. 1, 7, AND 13

266.9
~ (600)

109



0.004
__ 0.003
lé
N N
£ :
: I
3 4
E 4
1 ~
Z 7
3 /
-~ 0.002
w /3
o ¢
>
v
3
§ /
o) 4
O
0.001
FAILURE =
LOAD
LEVEL
0 |
0 44,5 89.0 133.4 177.9 222 .4 266.9

(100) (2000  (300)  (400)  (500)  (00)
COMPRESSIVE LOAD - 104 N (KIPS)

FIGURE 74, - COMPRESSIVE LOAD VERSUS STRAIN
PANEL BUCKLING SPECIMEN 130PB4-~3
STRAIN GAGES NO. 4, 10, AND 16

110



LATERAL DEFLECTION - mm (in.)

-0.762
(-0.03)
| ol
-0.508 e
(~0.02) 7 ;L
/ SN 5
/7
V4 A
jog
,/
7/ .
/7
rd /
~0.254 - —ts i }
(0.01) o J(/

D) 2
+0.254
(+0.01)0 22.2 445 66.7 89.0 111.2
(50) (100) (150 (200) (250)

COMPRESSIVE LOAD - 104 N (KIPS)
FIGURE 75. - COMPRESSIVE LOAD VERSUS LATERAL DEFLECTION

PANEL BUCK LING SPECIMEN 130PB4-3
DIAL GAGES NO. 2, 5, AND 8

111



LATERAL DEFLECTION - mm (in.)

112

-0.762
(-0.03)

-0.508

(~0.02)

-0.254

(-0.01)

FIGURE 76, - COMPRESSIVE LOAD VERSUS LATERAL DEFLECTION
PANEL BUCKLING SPECIMEN 130PB4-3-
DIAL GAGES 4, 5, AND 6

COMPRESSIVE LOAD - 104N (KIPS)

F16
/

A5

'E.J ’

/
Pad E}' -
P ,’
I/’ /J_f/.

0o 22.2 44.5 66.7 89.0 111.2
(50) (100) (150) (200) (250)



There was no evidence that end conditions influenced results for the 130PB4
specimens. The tests were very satisfactory, conflrmmg analytical predictions and
verifying required structural capability.

9.4 STRINGER CUTOUT TESTS

As noted earlier, some minor fatigue "nuisance" crccks were found in stringer
cutout areas during Phase | tests of specimen PF-{. To see if this cutout area could
be improved, two fatigue specimens reflecting current and selected stringer cutout
configurations were designed, fabricated, and tested. All of the tested configurations
exceeded minimum requirements by a sizeable margin, verifying earlier conclusions
that the cracks were caused by a sharp edge which should have been chamfered.
Fatigue loads taken from the specimen applied to the PF-| panel specimen were used
in the test,

9.4.1 Description of Stringer Cutout Specimens

Each specimen was [.092 m (43.00 in.) long and 0.152 m (6 in.) wide. The
I30PF4~| specimen represented the existing C-I130 B/E configuration which was tested
in Phase 1 on the I30PF-I panel and provided baseline data. The second specimen
I30PF4-3 had two different runout.configurations (*A" and "B") as shown in Figure 77.
Both specimens had the same boron-epoxy reinforcement in the stringer crown and
skin plank as that tested on the i30PF~i fatigue test. As noted, the two specimens
were identical except for the profile of the stringer terminations near the specimen
center,

9.4.2 Fabrication of Stringer Cutout Specimens

The stringer cutout specimens, |30PF4-| and 130PF4~3 were fabricated using
established techniques for lay-up of boron-epoxy reinforcements and for "cool tool"
bonding. The bond was completed with no appreciable warpage,and the assembled
panels were within the straightness requirements for the C~130 center wing box. All
fabrication operations for these specimens were documented and inspection procedures
were followed as established for the program. The completed I30PF4~3 specimen is
shown in Figure 78 .

9.4.3 Stringer Cutout Specimen Tests

Both specimens were tested in axial load fatigue by a 6.67x10° N (150,000 ib.)
capacity electrohydraulic servo-controlled test system. Specimen I30PF4-|, assembled
in the test system, is shown in Figure 79. Lateral restraint was applied to the specimen
by a Teflon-coated rub block attached to one vertical column of the testing machine.
This arrangement provided support in onlg one direction, and the test arrangement was
similar for both specimens. The 2.22x10° N (50,000 Ib.) load range was used to apply
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1.092 m
(43,00 in.)

EXISTING C130 B/E. CONFIGURATION |

— ———_— ===

NEW CONFIGURATION “B"

*

NEW CONFIGURATION "A"
/_13OPF4-3 SPECIMEN ASSY

FIGURE 77. - 130-PF-4 STRINGER RUNOUT. FATIGUE SPECIMENS
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ARROWS POINT TO DIFFERENT
STRINGER TERMINATION PROFILES

( STRINGER SIDE )

FIGURE 78. - STRINGER CUTOUT CONFIGURATION SPECIMEN
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FIGURE 79. - FATIGUE TEST ARRANGEMENT FOR
STRINGER CUTOUT SPECIMENS
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constant-amplitude sinuso'gdol fatigue cycles at 18 cycles per second. Maximum and
minimum loads of 1.28x10° N (28,900 Ib.) and 0.49xI0° N (il,100 Ib.), respectively,
were used for both specimens. No failures were obtained in the test area.

9.4.4 Evaluation of Stringef Cutout Tests

Specimen I30PF4-~] sustained 400,680 cycles before a fatigue crack was found in
one stringer crown beside the first fastener attaching the end fitting. This specimen
was of the existing model C-130 B/E configuratiori. Examination of the test section
portion of the specimen revealed no cracks. Since the test section had sustained far
more fatigue cycles than required, testing was discontinued at 400,680 cycles.

Specimen I30PF4-3 (the'improved'configuration) sustained 514,740 cycles before
a fatigue crack was found in one stringer crown beside the fastener attaching the
boron-epoxy laminate to the stringer crown near the end fitting. Examination of the
testsection portion of the specimen revealed no cracks. Testing was terminated at

514,740 cycles.

Stringer runout specimens were tested to loads taken from the same fatigue test
spectrum as that previously applied to component panel test specimen PF-1, Both
specimens exhibited superior fatigue performance before fatigue failure occurred in
the hot section away from the runout area. Failure locotions are shown in Figure 80.
The expected fatigue endurance in the runout area of the existing C-130B/E configura-
tion was calculated to be 68,000 cycles for Kt = 12, Both specimens demonstrated a
quality level better than 6.0, and any of these configurations selected for incorporation
into the full scale wing box should meet the required fatigue life. Since there was no
clear advantage to be gained by a configuration change, the existing C-130B/E config-
uration will be retained.
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FIGURE 80. - LOCATION OF FATIGUE FAILURES IN STRINGER
RUNOUT FATIGUE SPECIMENS
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APPENDIX A

RELATIONSHIP BETWEEN SI UNITS
AND U.S. CUSTOMARY UNITS

BASIC SI UNITS-
Physical Concept Measurement _ Abbreviation ,
Length ' meter m
Mass kilogram kg
Time second s
Force i Newton N
Thermodynamic Temperature degree Kelvin °k
Density I<ilogr<:ms/mel'er3 kg/m3
PREFIXES
Factor By Which
Unit Is Multiplied Prefix Symbol
109 giga G
108 mega M
10° kilo k
102 hecto h
10 deca da
104 deci d
10-2‘ centi c
1073 milli m
-6 .
10 micro u
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CONVERSION FACTORS

To Convert From To Mulytiply By

. Celsius (temp.) kelvin e =t + 273.15
Fahrenheit (temp.) kelvin e = (5/9)(tF + 459.67)
foot meter 3.048 x 10-1

inch ~ meter 2.54 x 10-2

pound mass (Ibm avoirdupois) kilogram  4.536 x 10-!

pound mass force (Ibf) newton 4,44822

!bm/im:h3 kilogrc:xm/mefer:3 2,768 x 104

psi newton/niéterz 6.895 x 103
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APPENDIX B

LISTING OF ALL DRAWINGS PREPARED FOR THE COMPOSITE REINFORCED CENTER WING

LRC LOCKHEED DWG. TITLE
DWG.NO, DWG, NO,
LX939398 3307615 Boron Laminate -~ C. Wing Lower Surface, Stringer
Crown, Assy Of.
LX939399 3307570
LX939400 3307571
LX939401 3307572
LX939402 3307573
LX939403 3307574 ‘
LX939404 3307575 .
LD939405 3307583 Boron Laminate ~ C. Wing Lower Surface, Stringer
Crown, Assy Of,
LX939406 3307607 Stringer-No. (2,13,14,22,23 & 24, Lower Surface
LX939407 3307608 Stringer-No. 15 & 2l, Lower Surface
LX939408 3307609 Stringer-No. 16 & 20, Lower Surface
LX939409 3307565 Stringer-No. 17 & |19, Lower Surface, Inboard
LX93%94 10 3307566 Stringer-No. 17 & 19, Lower Surface, Outboard
LX9394 11 3307567 Stringer-No. 18, Lower Surface, Inboard
LX9394 12 3307610 Stringer-No. |8, Lower Surface, Outboard
LX9394 i3 3307576 Stringer-No. 12,13,14,22,23 & 24, Lower Surface
Composite Reinforced, Assy Of.
LX9394 14 3307577 Stringer-No. |5 & 2| Lower Surface, Composite
Reinforced Assy Of.
LX9394 |15 3307578 Stringer-No. 16 & 20, Lower Surface, Composme
Reinforced, Assy Of.
LX9394 (6 3307579 Stringer-No. 17 & 19, Lower Surface, inboard,
Composite Remforced Assy Of.
LX9394 17 3307580 Stringer-No. 17 & 19, Lower Surface, Outboord
Composite Remforced Assy Of.
LX9394 18 330758 | Stringer-No. [8, Lower Surface, Inboard, Composite
Reinforced, Assy Of,
LX9394 |9 3307582 Stringer-No. I8, Lower Surface, Outboard, Composite
. Reinforced, Assy Of.
LC939420 3307613 Plate-Stringer Laminate, Lower Surface
LX93942 | 3307595 Boron Laminate-C. Wing Upper Surface Stringer Crown,
Assy Of.
LX939422 3307596.
LX939423 3307597
LX939424 3307599
LX939425 3307600 Boron Laminate-C. Wing Upper Surfoce Stringer Crown,
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_LRC LOCKHEED DWG. TITLE

DWG. NO. DWG. NO.

LD939426 3307601 Doubler-Boron Laminate Upper Surface Stringer

LX939427 3307584 Stringer-No. 7,8,10 & || Upper Surface

LX939428 3307585 Stringer-No. 3, Inboard, Upper Surface

LX939429 3307586 Stringer-No. 4, Upper Surface

LX939430 3307587 Stringer-No. 6, Upper Surface

£X93943 | 3307588 Stringer-No. 2 & 5, Upper Surface

LX939432 3307589 Stringer-No. I, Upper Sudace, Composite Reinforced,
Assy Of.

LX939433 3307590 Stnnger-No 2 & 5 Upper Surface, Composite Rein-
forced, Assy Of.

LX939434 3307591 Stringer-No. 3 & 4, Inboard, Upper Surface, Com-
posite Reinforced, Assy Of.

LX939435 3307592 Stringer-No. 6, Upper Surface, Composite Rein-
forced, Assy Of

LX939436 3307593 Strmger-No 7,9 & 10, Upper Surface, Composnfe
Reinforced, Assy Of.

LX939437 3307594 Stringer-No. 8 & ||, Upper Surface, Composite
Reinforced, Assy Of.

LX939438 3307602 Stringer-No. |, Upper Surface

LX939439 3307603 Stringer=No. 9, Upper Surface

LX939440 33076 14 Suppert=Stringer Attachment, Upper Surface

LD93944 | 3307620 Doubler-Boron Laminate, Skin Panels, Upper & Lower

LX939442 330762 | Boron Laminate-C. Wing, Lower Surface, Skin Panel,
Assy Of, ,

LX939443 3307622 A

LX939444 3307623

LX939445 3307624

LX939446 3307625

LX939447 3307626

LX939448 3307627

LX939449 3307616

LX939450 3307617

LX93945| 3307618 v

LX939452 33076 (9 Boron Laminate-C. Wing, Lower Surface, Skin Panel,
Assy Of.

LX939453 3307555 Panel-Upper Surface, C.W.,No. |, Composite

g Reinforced, Assy Of.
LX939454 3307556 Panel-Upper Surface, C.W.,No. 2, Composite

Reinforced, Assy Of.
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LRC LOCKHEED DWG. TITLE
DWG. NO. DWG. NO,
LX939455 3307557 Panel-Upper Surface, C.W., No. 3, Composite
_ Reinforced, Assy Of.
LX939456 3307558 Panel-Upper Surface, C.W., No. 4, Composite
Reinforced, Assy Of.
LX939457 3307604 Panel, Lower Surface, C.W., Forward, Composite
Reinforced, Assy Of.
LX939458 3307605 Panel, Lower Surface, C.W ., Middle, Composite
Remforced Assy Of.
LX939459 3307606 Panel, Lower Surface, C.W., Aft, Composite
Remforced Assy Of.
LD939460 3307628 Mounting Bracket-Pylon Tank Press. Switch, Inbd
Dry Bay, Assy Of.
LD93946l 3307629 Bracket~Refuel & Cross Feed, C.W.S. 58L/R
LD939462 3307630 Clip=Tube Support, Fuel
LD939463 3307631 Bracket-Fire Extinguisher Directional Valve, No. 3
Dry Bay.
LD939464 3307632 Bracket-Bladder Cell Fuel Press. Switch & Takoff
. Tee Support, Inbd, Dry Bay.
LD939465 3307633 ' Bracket-Bladder Cell Fuel "Y" Support, Inbd.,
. Dry Bay.
LX939466 3307635(Sh. 1) Support Insti-Plumbing, Ctr Dry Bay
LX939467 3307635(Sh.2) Support Instl-Plumbing, Ctr Dry Bay
LX939468 3307635(Sh.3) Support Insti-Plumbing, Ctr Dry Bay
LX939469 3307636 Support Inst|-Plumbing NAC. No. 2 Dry Bay
LX939470 3307637 Support Insti-Plumbing NAC. No. 3 Dry Bay
LD93947 | 3307644 Bracket-Tube Support, Cross Feed
LD939472 3307645 Bracket-Shut-Off Valve Support
LC939473 3307646 Bracket-Fuel Tee Support, Assy Of.
LD939474 3307647 Bracket-Tube Support, W.S. 57L & 57R
LC939475 3307648 Support-Check Valve, Assy Of,
LC939476 3307649 Support Angle-Refuel Tube, Left Hand
Auxiliary Tank, Horizontal
LD939477 3307598 Fitting=-Attach, Spt to Stiff, C.w.S. 39.5R &
4lL, Upper.
1.D939478 330761 | Fitting=Attach, Sptto Stiff, C.W.S. 39.5R &
41.5L, Lower.
LX939479 3307612 Support Instl - Stiff., C.W.S. 39.5R & 4l.5L
LX939480 3307638 Support Instl, =Stiff., Ctr Wing Sta. O
LX93948 | 3307639 Fitting=Attach, Supporf to Stiffener, Ctr Wlng
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LRC LOCKHEED DWG. TITLE
DWG. NO. DWG. NO.
LX939482 330764 | Former Instl-Center W\ ing Sta..108.125
LX939483 3307642 Former Instl-Center Wing Sta. 192,125
LX939484 3307643 Support Instl - Brackets, Upr Stanchion & Litter Strap
LX939485 3307552 Test Article=C-130 C.W. Box, Composite Reinforced
1.D939486 3307550 - - Wing Mod Index=Fy 73 A/C, Composite Reinforced C.W.
LX939487 3308050 C.W. Assy~Spares, Mod.
LX939488 3308051 C.W. T.E. Assy=-Spares, Mcod.
LX939489 3308053(Sh. 1) Upper Surface Inst[-C.W.
LX939490 3308053(Sh.2) Upper Surface Insti-C. W,
LD93949 1 3308054 Abchor=Instl-Fuel Cell, C.Wing, Upper Surface
LX939492 3307553(Sh. 1) Upper Surface-C.W., Composite Reinforced, Assy Of.
LX939493 3307553(5h.2)
LX939494 3307553(Sh.3)
LX939495 3307553(Sh.4)
LX939496 3307553(Sh.5)
LX939497 3307553(Sh.6)
LX939498 3307553(5h.7)
LX939499 3307553(Sh. 8) %
LX939500 3307553(Sh.9)
LX939501 3307553(Sh.10) Upper Surface-C.W., Composite Reinforced, Assy Of.
LD939502 3308058 Reinforcing Doubler~Center Wing Lower Surface Sta.
56.37
LD939503 3308059 Shim=Drain Trough, Lower Surface, C.W,
LX939504 3308060 Trough=Dry Bay Drain, C.W., LWR Surface, Sta. 36.37,
Assy Of,
LX939505 33080356 Attach Angle-Wing to Fus.,C.W.Sta. 61.625, Assy Of.
LX939506 3308057 Attach Angle Instl to Fus.,C.W. Sta. 61.625, Assy Of.
LD939507 3308055 Support Angle-C.W. Sta. 6].625
LX939508 3307554(Sh. 1) Lower Surface-C.W. Composite Reinforced, Assy OFf,
LX939509 3307554(5h.2) ‘
LX939510 3307554(5h.3)
LX93951 1 3307554(Sh.4)
LX939512 3307554(Sh.5)
LX939513 3307554(Sh-. 6)
LX9395({4 3307554(Sh.7) .
LX939515 3307554(Sh.8) Lower Surfoce-C.W. Composite Reinforced, Assy Of.
LX939516 3307640(Sh. 1) Door Structure Instl-Access, Nacelle Dry Bay, C.W.
LX939517 3307640(Sh.2)
LX939518 3307640(Sh.3)

Door Structure Insti-Access, Nacelle Dry Bay, C.W,

B 125



RC LOCKHEED DWG. TITLE

DWG. NO. DWG, NO.

LX939519 330806 | Attach Angle-Aft Nacelle, Lower Surface, C.W.,
Assy Of.

LD939520 3308062 Filler-Nacelle Attach Angle, Lower Surface, C.W.

LX939521 3308052(Sh. 1) Lower Surface instl - C. W,

LX939522 3308052(Sh.2) Lower Surface Instl = C. W.

LX939523 3307551(Sh.1) Center Wing Structure=Composite Reinforced, Assy Of.

LX939524 3307551(Sh.2) Center Wing Structure-Composite Reinforced, Assy Of.

LD939525 3307634 Support Angle-Plumbing, Ctr Dry Bay

LD939526 3308063 Strap-Splice, Skin Panel No.2 & 3, Outboard, Upper
Surface, C.W. A

LX939527 3308064 Splice Plate-External, Lower Surface, C.W.
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APPENDIX C
PRINCIPLES OF FATIGUE ANALYSIS AND ENDURANCE DATA

This appendix consists of two sections:

o Principles of Fatigue Analysis: a general discussion of fatigue from
which the methods of analysis of Section 4.2 may be derived.

o Endurance Data: a compendium of endurance as a function of quality
level graphs for Section 4.2.

C.1 PRINCIPLES OF FATIGUE ANALYSIS

Fatigue is the description for o material failure process in which cracks develop
in a structural member due to repeated application of stresses below the ultimate strength
of the material. Fatigue failure is the certain result of irreversible (plastic) deformation
at a surface. The accumulation of plastic deformation becomes a micro—crack when its
long dimension (generally transverse to principal tension stress) approximates grain size,
and a macro—<rack when its dimension is similar to the minimum dimension of the part.
The accumulation is generated by repeated stress characterized by the number of cycles
and either mean and variable stress or maximum stress and stress ratio, as defined in
Figure C-1.

It is hypothesized that the number of cycles to the generation of a macro—rack at
a specified stress - or conversely, the stress required to generate a macro~crack in a
specified number of cycles ~ is a material property in the same sense as ultimate strength,
yield strength efc. However, the true stress at the location of crack nucleation con-
centrated by geometric and microscopic stress risers is not known due primarily to plosti-
city. Geometric siress concentration factors con be derived, presuming linearly elostic
isotropic material, relating the stress at the notch root to the nominal gross section stress
as a function of notch geometiry. But tests are required to determine the fatigue sensitivity
to be associated with the geometric stress concentration factor. Typical test results are
explained in the next section.

A Note that fatigue is a strain process; it is assumed in this analysis that the stress-
strain relationships are known (static and cyclic).
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C.1.1 S=N Curves

To measure the material property cyclic endurance, N, (number of cycles to macro-
crack generation for a specified stress condition, ¥m, Ovar.) sets of laboratory specimens
are cycled to failure at a particular stress condition = constant amplitude testing = for
particular values of elastic stress concentration factors. The results are parametric S-N
curves such as those sketched in Figure C-2a. For the compact specimen shape used in such
tests, the number of cycles from the formation of a macro-crack to failure is very short com-
pared with the number required to generate the crack. Hence, the cyclic endurance to
failure for the specimen is a measure of cycles to "fatigue crack initiation" for more crack-
tolerant structural configurations.

Since the stress concentration factor does not account for the reduction in cyclic en-
durance (due primarily to inherent plasticity); the nominal stress concentration factors are
relabeled "quality levels" (unfortunately retaining the symbol KT in practice). The endur-
ance limit is the variable stress below which the part (at a particular KT and mean stress)
does not fail in fatigue; that is, no plastic deformation at the most severe stress riser.
Hence, the S-N curve has a horizontal asymptote at a variable stress which is called the
“endurance limit." For aluminum alloys, the S=N curve has a negative slope for all values
of N; i.e., the endurance limit does not exist. For comparative purposes, the endurance
limit for aluminum is selected as that variable stress yielding an endurance of 107 cycles.

C.1.2 Palmgren = Miner Hypothesis

The material property, N, is considered an "allowable" in the same manner as other
material properties, such as ultimate strength. If a number of cycles, n; (nj <Nj), are
applied to the specimen at stress state, O,,;,0mi, the portion of endurance used, n:/N:, is
termed analytical damage, D;. If cycles, ny, at &nother stress state ¢+ Ouk,Omk are
applied, the analytical damage is presumed to accumulate from the end state of the previous
condition. Hence, the total analytical damage at any number of stress states, P, is

i=1 b

and the allowable endurance curve is reached when total analytical damage is D = 1.0,
at which time failure is expected to occur. This hypethesis is the Palmgren - Miner Theory
of Linearly Cumulative Damage, or simply Miner's Theory (see Figure C-2b).

If any applied stress spectrum is divided into a sequence of stress conditions and the
quality level of the part is known, failure is predicted at the cumulative number of cycles
at which time Miner's Theory predicts D = 1.0.

[2& The second or third stess state. may be the same as a previous state.
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C.1.3 Ascertaining the Applied Stress Cycles (ni) »

o World-wide surveys provide gust intensity data as a function of geographic location,
season, time of day, etc. (VGH data). Runway and taxiway roughness data are also sur-
veyed (TAG data). These data are represented by power spectral density relations.

o The external applied loads at any point in the structure are functions of the dynamic
response of the airframe to the spectral relations specifying the loading environment.

o Given a particular airframe structure (stiffness, inertial response, etc.) operated
within prescribed bounds (standard operating procedures - flaps and control surfaces de-
flections, fuel management, etc.) for each event (cruise, climb, take-off, maneuver, etc.),
the dynamic response transfer functions may be derived in terms of mission-dependent para-
meters: flight operations - event type, altitude, airspeed, cargo weight, fuel weight;
ground operations - event type, cargo weight, fuel weight, and runway/taxiway condition.

o Hence, operation of the aircraft for a period (mission segment) during which the
mission-dependent parameters may b. considered to be constant defines the cumulative
number of accelerations (incremental load factors) encountered via the transfer functions.
These data are presented as families of curves similar to Figure C-3.

o Specifying the duration of each segment then defines the total number of variable
load cycles of each magnitude. The event type, along with the other mission dependent
parameters, specifies the mean load factor, hence the mean load.

o Fatigue analysis is often simplified by computing the transfer functions, etc., for
representative locations such as the wing root. Loads at other locations are specified by
multiplying the loads at the representative locations by a load shape factor derived from
the load distribution for a limit {or ultimate) load case for which the analysis has been
more complete.

o The maximum nominal (gross, or net section at cutouts) stress is computed by
multiplying the applied load at a location by the stress-load ratio derived from the stress
distribution for a limit (or ultimate) load case for which the stress analysis has been more
complete.

o  The result is that, for operation of the airplane in o segment for a specified time,
the applied stress spectrum is defined in terms of mean stress and number of cycles of vari-
able stress.

o Describing the operation of the aircraft by a series of segments therefore defines
the applied stress spectrum.. The series of segments can be observed (as in the USAF fatigue
life monitoring program) or prescribed for analyses. purposes.

o For certain fatigue anlayses, a set of nine prescribed missions has been developed.
Each mission is divided into a series of segments so that by the foregoing analysis the applied
stress spectrum for each mission (or for, say, 1000 hours of operation in each mission) is
derived.
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o By specifying (or observing) the portion of total airframe hours spent in each of
the nine missions, a composite utilization is derived; applying the foregoing analysis,
overall utilization is reduced to a single applied stress spectrum. :

C.1.4 Analytical Damage, Damage Rate, and Endurance

Having.an applied stress spectrum for a mission segment, a mission, or a mission mix,
one can apply the Palmgren - Miner hypothesis and derive the analytical damage for the
applied spectrum, providing the quality level is known. The applied spectrum is related to
a specific flight time via the spectrum derivation process. Therefore, the analytical damage
is related to a specific flight time period, e.g., damage for 1000 flight hours with a speci-
fied mission mix. This "damage rate" then establishes the "endurance" in terms of a-
meaningful reference parameter: flight hours.

C.1.5 The Siress-Load Ratio and Quality Level

As outlined in section C.1.3, obtaining the applied loads spectra for reference locations
is a very complex process,comprising the major task of aircraft fatigue analyses. The load
shape factor, derived from more complete ultimate load analysis, relates the applied loads
at other locations to the reference location loads.

At specific lncotions on the oirframe, selected because of suspected, or test-demon-
strated, relative fatigue susceptibility, ultimate stress analysis provides the stress=load ratio
which translates the applied load spectrum to the applied stress spectrum. If the exact
location of fatigue cracking has not been analyzed, or if multiple locations of ostensibly
identical fatigue susceptibility exist, or the exact location is not known (for example, in
pre-test design phases), a nominal stress is calculated = usually the maximum gross structural
cross-section stress. "Gross" is used in the sense that fastener holes, etc., are not deducted;
however, door cutouts, etc., affecting the stress distribution are accounted for. Stresses
at other locations in the structural cross-section are related to the nominal stress by the
parametric stress factor derived from more rigorous ultimate stress analysis accounting for
local cutouts, eccentricities, etc. The additional concentration due to fastener holes,
notches, etc., is accounted for by the quality level, typically 2<K; <6. If the pora-
metric stress factor is not used, the notch stress is related to the nominal stress by the quality
level alone, typically 4<K7 £12. The two approaches are not quite equivalent due to
nonlinearities. Utilizing the parametric stress factor is more accurate.

The quality level of a particular structural location may be approximated by calcu-
lating' the nominal elastic stress concentration factor and by comparison with similar
structure. Another alternative is to test the structure to obtain. the test-demonstrated
quality level. Running a constant-amplitude test would allow interpolation in-basic dota
graphs, such as those sketched in Figure C-2. Experience with laboratory specimens
(coupons, components, etc.) has shown that interpretation of spectrum fatigue performance
using Miner's Theory and constant-amplitude S-N data leads to large scatter due to
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neglected stress-change interactions, fretting corrosion in components, etc. Testing fo o
spectrum simulating the anticipated in-service conditions alleviates this situation. To com-
pute the quality level from a spectrum test, a curve such as that shown in Figure C-6 (Q) is
generated by computing the endurance (1.0/damage rate; damage rate = 2n/N for specified
period) for assumed values of K1. The test-demonstrated quality level is that value on the
curve corresponding fo the observed test endurance. Therefore, for a particular structural
location the test demonstrated quality level from a component test (or full scale test) should
be the same despite variations in the opplied stress spectra. Furthermore, since the quality
level is a property of the particular geometry, it con be used to establish endurance for

any applied stress spectrum, including a typical operational spectium, even though the
spectra are different and hence yielding different endurance for the same quality level

(see Figure C-4 (b)) in terms of flight hours (or simulated flight hours), depending on the
severity of the spectrum,

C.1.6 Comparison of Structural Elements

To evaluate the fatigue performance of different locations, it is necessary to know the
load shape factor, the stress load ratio, (the parametric stress ratio), quality level, and
material S=-N data. Comparison on the basis of any one of the parameters can lead to
erroneous conclusions if the change in that parameter is accompanied by a change in another,
which happens frequently.

In section 4.2.2 it is asserted that, for the 80: 20 area distribution of aluminum to
boron-epoxy composite, the aiuminum is more fatigue-susceptible than either the boron-
epoxy composite or the bond. This observation is based upon comparison of stress levels,
S-N data, and anticipated quality levels due to fasteners, thickness changes, ete. For
example, computer analysis of a boron-epoxy laminate runout shows the peak shear stress
in the bond to be approximately 1/14 of the gross aluminum stress. Furthermore, bonded
joint tests show that the peak bond shear stress is about 2-1/2 times the nominal bond shear
stress. S-N data for the joint tests are given in terms of the nominal shear stress. Using
these ratios (similar to parametric stress factor and quality level) at a composite reinforce-
ment run-out (such as WS 214) yields stresses sufficiently low to preclude fatigue failure
(less than the endurance limit) for all load levels of the C-130B/E test spectrum B. If a
straight line (on a semi-logarithmic plot) is conservatively fit to the data (no endurance
limit), all endurances are in excess of 107 cycles. Conservatively using N = 107 cycles
for each stress level, the 25,000 c5ycles. per 1000 hours of the C-1308/E test spectrum B
yields g damage rate of 2.5 x 1072 per 1000 hrs., i.e., the endurance is greater than
4 x 107 simulated flight hours. For the aluminum to have an endurance of 4 x 107 simu-
lated flight hours (spectrum B), the associated quality level must be less than 4.25 (see
Figure C-24). Phase | tests (JE-1, JE-4, PF-3) show that the quality level is expected to
be greater than 6.0 at this-location, (see Table-1V, Sec. 4.2). Hence the aluminum is.
more fatigue-susceptible than the bond, even with the conservative assumptions applied.

In comparing the composite reinforced wing with the C-130B/E wing, location for
location, the modification of the structure to accommodate the boron-epoxy reinforcement
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is made in such a fashion that the local strain gradients are about the same (or less severe)
as in the corresponding location on the C-130B/E wing. Hence, as asserted in section
4.2.2, the quality level at any location of the composite-reinforced wing is the same as
(or less than) that of the corresponding location on the C-130B/E wing. Furthermore, at
many locations on the wing which might be expected to be fatigue~critical (door cutouts,
rainbow fitting, etc.), the design was not changed. '

C.2 ENDURANCE DATA

The methods and analyses described in section 4.2 and C.1 were applied to 20 locations
(10 upper surface, 10 lower surface) identified by wing station numbers (inches from aircraft
centerline) 40, 60, 80, 100, 120, 140, 160, 180, 200, and 214. Three spectra were used
for the analysis: typical operational spectrum (9-mission mix specified in Table lIf, Sec.
4.2), C-130B/E test spectrum A, and C~130B/E test spectrum B. The endurance (flight
hours for operational, simulated flight hours for test) as a function of quality level are pre-
sented in Figures C. 5 through C. 24.

136



t

QUALITY LEVEL, K

12.0

10.0

9.0

8.0

7.0

6.0

5.0

4,0

10

C-130E BORON-EPOXY REINFORCED
- SPECTRA A

e em e~ SPECTRA B _

— ——A——— OPERATIONAL USAGE

C-1308/E

‘ SPECTRA A

——— ————— SPECTRAB f
—@———— OPERATIONAL USAGE

N\
N IRN
1S
\N\N D
o :6\\”,._‘“
St |
10° 16% 10’

- FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C-5. -- QUALITY LEVEL VERSUS FATIGUE ENDURANCE
W.S. 40 UPPER SURFACE

137



12,0

t

QUALITY LEVEL, K

138

10.0

C-1308/E

C-130E BORON-EPOXY REINFORCED

SPECTRA A
SPECTRA 8

— — ——/\—— OPERATIONAL USAGE

SPECTRA A
SPECTRA B

OPERATIONAL USAGE

= /‘g‘__%?"‘
q>

9.0

8.0

s
= A E/ =
- :

7.0

6.0

5.0

4.0

1727

10

1.05 10

FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C-6. -~ QUALITY LEVEL VERSUS FATIGUE ENDURANCE

W.S. 60 UPPER SURFACE

10



t

QUALITY LEVEL, K

]2.0

10.0

9.0

8.0

7.0

6.0

5.0

4.0

10

C-130E BORON-EPOXY REINFORCED

-- SPECTRA A
~———-——— SPECTRA B
- —A—— OPERATIONAL USAGE
C-1308/E
SPECTRA A
——— — SPECTRAB

O OPERATIONAL USAGE

i
wﬂ’ﬂgm"

P
>

Ry

5

10°
FATIGUE ENDURANCE - FLIGHT HOURS

100

FIGURE C-7. - QUALITY LEVEL VERSUS FATIGUE ENDURANCE

W.S. 80 UPPER SURFACE

139




12,0

QUALITY LEVEL, Kf

140

16.0

9.0

8.0

7.0

6.0

5.0

4.0

b, e

- SPECTRA A
——e—e—ime—— SPECTRA B

C-1308/E

SPECTRA A
SPECTRA B

—

C-130E BORON-EPOXY REINFORCED

- — OPERATIONAL USAGE

O OPERATIONAL USAGE

—

[ e 4
Tl

/

10° 10°

FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C-8. - QUALITY LEVEL VERSUS FATIGUE ENDURANCE

W.S. 100 UPPER SURFACE

i
i
{
:

10



t

QUALITY LEVEL, K

12.0 C<130E BORON-EPOXY REINFORCED
o SPECTRA A
o — SPECTRA B
—— — —A—— OPERATIONAL USAGE
1.0 |
! C-1308/E
SPECTRA A
SPECTRA B
_O—— OPERATIONAL USAGE
10.0 ’
9.0
8.0
7.0
6.0
5.0 N
BN
N : L
D
*
40 , ' ;5%53&—%
104.; ]05 ]06

FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C~9. - QUALITY LEVEL VERSUS FATIGUE ENDURANCE
W.S. 120 UPPER SURFACE

141




12.0 C-130E BORON-EPOXY REINFORCED

——— ——— SPECTRA A
\ ——————— SPECTRAB
\ \ ~ —/—— OPERATIONAL USAGE

11.0 \ T |c-1308/E

SPECTRA A
SPECTRA B
O~ OPERATIONAL USAGE

10.0 \

0
o
——

vl \\\ M\\\

8. D \
R\
3 A\

~
o
t~
72

6.0 DAY

5.0 N

/r
Y4

\\

\ .

\ \,\

4.0 | \i?-%%;&.,
104 10° 100 10

FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C-10. - QUALITY LEVEL VERSUS FATIGUE ENDURANCE
W.S. 140 UPPER SURFACE

142




t

QUALITY LEVEL, K

12.0 C-130E BORON~EPOXY REINFORCED
—— — — — SPECTRA A
———i——— SPECTRAB
—— - —A— OPERATIONAL USAGE
H.0 C-1308/E
SPECTRA A
- SPECTRAB
——————0O— OPERATIONAL USAGE
10.0
9.0
8.0
RY
\\\
W
7.0 -\
. \ N
N
NAAN
6.0 SA
\ \Q‘\\
N A
5.0 \\’\ NN
’ N N Y
NQ _ \\.\\\ -
\ L
\\\a
4,0 7 ‘ N‘W T\.)? :
10! 10° 0% 107

FATIGUE ENDURANCE - FUIGHT HOURS

FIGURE C-11. - QUALITY LEVEL VERSUS FATIGUE ENDURANCE

W.S. 160 UPPER SURFACE

143



12.0 : ¥ C-T30E BORON-EPOXY REINFORCED
| —_— SPECTRA A
——————— SPECTRA B
\ | —— ——/— OPERATIONAL USAGE
n.o \ IC-130B/E -
SPECTRA A
A SPECTRA B
\{\ ——O— OPERATIONAL USAGE
10.0 A
_ 9.0 \
AV4
\
3 (WA
\
& Y N\
- 8.0 » A\
z N \
-~ \
< y
C \\ N\
N
MR
6.0 - X
SHhUS
\ NF\ N
\‘ \ N \\\
5.0 EANEID <T S
\%\ T
\\
4.0 g
10t 10° 109

FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C-12, - QUALITY LEVEL VERSUS FATIGUE ENDURANCE
W.S. 180 UPPER SURFACE

144

10



t

QUALITY LEVEL, K

12,0 7 [i\‘ C-130E BORON=-EPOXY REINFORCED
- SPECTRA A
Vo SPECTRA B
\ \\l ~—D OPERATIONAL USAGE
11.0 \ ' c-1308/E
\ SPECTRA A
|\ —— ——— SPECTRAB
\ —0O OPERATIONAL USAGE
10.0 \ \\ 1\
‘ \
9.0 \
\
»

~
o
- o

8.0 : A

6.0 b\ AN

N
\
x
N\
N, {
N S
5.0 \\ %?E

/4

4,0 o

10t 10° 10° - 10

FATIGUE ENDURANCE - FLlGHT.HOURS

FIGURE C-13. ~ QUALITY LEVEL VERSUS FATIGUE ENDURANCE
W.S. 200 UPPER SURFACE

145



12.0 "C-130E BORON-EPOXY REINFORCED

———— ———— SPECTRA A
—~——————— SPECTRA B
—— —- —/>— OPERATIONAL USAGE

C-130B/E

11.0

SPECTRA A
———— ——w — SPECTRA B
——e (O~ OPERATIONAL USAGE
10.0 :
. 9.0 -
¥h \ \
o
>
4 8.0 L A
>
=
© | }
8 \‘ N
7.0 \\ \%

NN

6.0 A \e\
N N ~N ]
N A
N \ N
5.0 \‘ ‘ Y \\h\\' \J
\ \\N:\\
R <[]
4.0 | Su
10* : 10° ‘ 108 10

FATIGUE ENDURANCE - FLIGHT HOURS

“FIGURE C-14. - QUALITY LEVEL VERSUS FATIGUE ENDURANCE
W.S, 214 UPPER SURFACE

146



QUALITY LEVEL, K

12.0 - _
. \ 1 T C-130E BORON-EPOXY REINFORCED
\ -- SPECTRA A
\ \ SPECTRA B
1ot} - OPERATIONAL USAGE
AL \ C-130 B/E
\ SPECTRA A
———————— SPECTRA B
10.0 -O—— OPERATIONAL USAGE
9.0
8.0 —
7.0
6.0
5.0
\\WJ
t:\\\
SN \~
4.0 ] :%50 Ll ldl
0% 10° 10° 107

FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C~15. -~ QUALITY LEVEL VERSUS FATIGUE ENDURANCE W.S. 40 LOWER SURFACE

147



t

148

QUALITY LEVEL, K

-

C-130E BORON-EPOXY REINFORCED

—— SPECTRA A
————— e ———- SPECTRA B
- 4> OPERATIONAL USAGE
11.0 C-1308/E
SPECTRA A
SPECTRA B
—O——— OPERATIONAL USAGE
10.0 - ‘
\
9.0 X
\ \
8.0 \ 1%
'Y \ 3
. \ 3 “
) \
7.0 N\ '\
1Y
N\ |
N
N
N N
V\ \\
5.0 \‘ AN
SONN
N NG \s
\\ N\‘ \\ ~
\s Ng J:d‘ :P \N
4.0 N N TS Sl 1~ |
0 100 10 10

-FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C-16, - QUALITY LEVEL VERSUS FATIGUE ENDURANCE
W.S. 60 LOWER SURFACE



t

QUALITY LEVEL, K

12.C

C-130E BORON-EPOXY REINFORCED
-- SPECTRA A
~———————— SPECTRA B
- — A— OPERATIONAL USAGE
1. ,
-0 C-1308/E
SPECTRA A
SPECTRA B
—O— OPERATIONAL USAGE
10.0
9.0
8.0
7.0
\
N
6.0 A
_ MBS
N N
AN N
\ N
5.0 \\\\ \\
AN
QN ‘N \J,.\\ \h\
NSO S ~—
\‘\J[’:‘ \ \'ﬁs\ Sl
4.0 [~ P‘%V oy SR
104 10° 10° 10

FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C-17. - QUALITY LEVEL VERSUS FATIGUE ENDURANCE
W.S. 80 LOWER SURFACE

149



12.0

C-130E BORON-EPOXY REINFORCED
—— — ——— SPECTRA A
————— - ——- SPECTRA B
- —A—— OPERATIONAL USAGE
1.0 C-1308/E
SPECTRA A
SPECTRA B
—O— OPERATIONAL USAGE
10.0
_ 9.0
4
..T
ud
>
[WE ]
= 8.0
>-
=
-t
<€
2
<]
7.0
\
6.0 ‘)g\
N\ \\
\ N
N N
5.0 N N
N
\\\:\E" \\N
\'\ \\i ~ r~
NN S [T
4.0 N S
10! 10° 10% 10

150

FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C-18. - QUALITY LEVEL VERSUS FATIGUE ENDURANCE
W.S. 100 LOWER SURFACE



'. .

QUALITY LEVEL, K

12.0 1 A C-130E BORON-EPOXY REINFORCED
\ \ \ - ~— — SPECTRA A
: e SPECTRA B
\ \ \ ——— — -A—— OPERATIONAL USAGE
11.0 ) C-1308/E
\ \ . SPECTRA A
WA SPECTRA B
\\ \ \ —0 OPERATIONAL USAGE
10.0 A ’
(R
LA
x
9.0 \\\ \
\\ VN
VAN
8.0 A A\ \\x_\.
\ i \ \\
NN \
7.0 \ ML \\
\\
N
NRY
6.0 M AN
g ‘\:\ N |-
NN
5.0 \\\ ' \x
’ ‘::\\‘i ™N >
SN N
ORI
N N TR =~
4.0 : N W \:.ﬁ-}ui-, J
10 ]05 106 10

FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C~19. ~QUALITY LEVEL VERSUS FATIGUE ENDURANCE
W.S. 120 LOWER SURFACE

151



- 12,0

a————
2
3
T
-4
P

C-130E BORON=-EPOXY REINFORCED

— — — SPECTRA A
~—=——————— SPECTRA B

——— — —/A—— OPERATIONAL USAGE

11.0 Y
X \‘\ ‘\ \ C_-IBOB/E SPECTRA A
A — SPECTRA B
% —O— OPERATIONAL USAGE
10.0 : :
\I')
. 9.0 . \\ X
VAN
o \
% \ )
> 80 \ \ \ b
: NN
<D( \ \ .y \
3 VINN Y
7. \ \\ \\ N
\ h
\ | M \ ,\\
NN N NN
6. N AN \ ’Q
N \ T
NBN \
5 \\\ \\\\\ N
: ) \ A
AR REON AL
NG N T~ e
SN \\\\S'ﬁ 1L
4. = —=C
0 105 ]06 10

152

FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C-20. - QUALITY LEVEL VERSUS FATIGUE ENDURANCE

W.S. 140 LOWER

SURFACE



QUALITY LEVEL, K,

12.0 :
\ ZT\' C-130E BORON-EPOXY REINFORCED
\ \ — ——— SPECTRA A
\ ————————— SPECTRA B
\ ! \ — ~ —{— OPERATIONAL USAGE
11.0 \ |
; \ C-1308/E
‘ \ SPECTRA A
! \ SPECTRA B
\ ) ——eemeeeD— O PERATIONAL USAGE
10.0 54—\ é\
)
\ \ | \ \
\
9.0 A\ L\
\
\ |
\ N
) \
8.0 R HA—2
NN N T
\ \i‘ \ \\
\
7 0 \ \\ \\ \. \
. n \ \ P \
\ NN (N N |-
\ | P N
\ NEA
6.0 D\ \9\ A \?3\
A \ \ \\ \\
3 \ N i
\\\» NN \\
5.0 \ \\\ ~ ~
\ N \\ \“NN_.
N\J\ 4 \\ ~L i
4.0 ‘ A T
10 10° | 108 10’
FATIGUE ENDURANCE - FLIGHT HOURS
FIGURE C-21. -QUALITY LEVEL VERSUS FATIGUE ENDURANCE
W.S. 160 LOWER SURFACE
153



" 12.0

C-130E BORON-EPOXY REINFORCED
——~ — SPECTRA A
————— ~— —— SPECTRA B
11.0 —— — —/\—— OPERATIONAL USAGE
' C-1308/E
SPECTRA A
SPECTRA B
10,0 ~—QO— OPERATIONAL USAGE
9.0
¥¢-
_
[¥5]
>
(48}
- 8.0
>_
=
ed
<
>
¢}
7.0
6.0 N
NN
Nr\ l\
§\w. N
N N
5.0 NN Y .
. e LN
\Q NT\J"N;\\\
NN LT \~\r~
L,\r ™ \\J\\ T~
N ~— T
4.0 L“\-k‘i_n_ ""’"2?;@---“"”
107 ]0.5 ]06 10

154

FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C-22. ~QUALITY {EVEL VERSUS FATIGUE ENDURANCE
W.S. 180 LOWER SURFACE



12.0

t

QUALITY LEVEL, K

O

\ \ C-130E BORON=-EPOXY REINFORCED
. { —— — SPECTRA A
AR s —— — SPECTRA B
\ 1Y —— — —\— OPERATIONAL USAGE
1.0 VT C-1308/E
\ S \ SPECTRA A
\ SPECTRA B
\ \ — ©O— OPERATIONAL USAGE
10.0 : —
\ \
A\
9.0 \ \ \ A\
\ \ \ A \\\ ;
LN
\ X N\ N |
8.0 j\ 0 T2 L
X\ \ \\ \ \\ \\
\
7.0 \ L MIN N NN
N N
\ \ I N
\ \,\ \‘ \\ Nb\ | |
6.0 N SNV N ’pr |
N
\W \\ N ‘E\\
5.0 \ \. \; NKJ\\\ \\
) q J
\ \J \\N \r\ﬁ %\\w
\ \\ \\\ \EN‘:L ~ hy
4.0 - NN =15 T
6 7

10

10 10
FATIGUE ENDURANCE - FLIGHT HOURS

FIGURE C-23. --QUALITY LEVEL VERSUS FATIGUE ENDURANCE
W.S. 200 LOWER SURFACE

155



QUALITY LEVEL, Kf

156

12.0 e A ; e >
| T C-130C BORON-EPOXY REINFORCED
{ \ | i - - SPECTRA A
- \ | m—————a— SPECTRAB
‘\ \ | e — —A-— OPERATIONAL USAGE
11. v ! .
.0 \ .C-130B/E
\ \ , SPECTRA A
\ SPECTRA B
\ —————0O— OPERATIONAL USAGE|.
]0.0 L é‘_\ + - : : . !
\ S i
X
\ v \4,\ {
9.0 ; \ i; __\, A \ — :
\ \ !
. A \ |
\ N \ |
8.0 .\ ¥ “"\\—' &T“ -
\ \ Y \ \ \ ;
} ‘V \ \ \ i
A { £ {
7.0 \ AL NN N
6.0 —
5.0 4
D N . L
Ry RN
"\ . ( g\‘\. “.\\. ™ ™«
4.0 R __.'!.-4 s .,J.._._ _‘_.,*:.A.:!:'f!b! \“'_-A \-\.':‘@- i l
0% 10° 10° 10

FATIGUL ENDURANCE - FLIGHT HOURS

FIGURE C-24. - QUALITY LevEL VERSUS 221 10UE ENDURANCE

-~

WL, 214 LOWER SUrFALE



