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PERFORMANCE OF AN ANNULAR COMBUSTOR DESIGNED

FOR A LOW-COST TURBOJET ENGINE

by James S. Fear '

Lewis Research Center

SUMMARY

Performance tests were conducted on a combustor designed for use in a low-cost
turbojet engine. Inexpensive simplex nozzles were used for fuel atomization. Film-
cooled combustor liners were made of perforated sheet. The inner combustor housing
wall was eliminated. The combustor was designed for inlet-air conditions of 439 K
(331° F) and 28.1 N/cm2 (40.8 psia) and an exit temperature of 1089 K (1500° F),. cor-
responding to Mach 0. 80 cruise at an altitude of 6096 meters (20 000 ft); and for inlet-
air conditions of 492 K (426° F) and 54.0 N/cm (78. 3 psia) and an exit temperature of
1119 K (1555° F), corresponding to Mach 0. 80 cruise at sea level. At the sea-level-

• ' J~ ' f\ ' ' *)
static design point, the inlet conditions were 455 K (359 F) and 38. 5 N/cm (55.8 psia),
and the design exit temperature was 1089 K (1500° F).

Combustion efficiencies at the altitude-cruise and sea-level-cruise design points
were approximately 94 and 96 percent, respectively. The combustor isothermal total-
pressure loss was 8. 8 percent at the altitude-cruise-condition diff user-inlet Mach num-
ber of 0.335 and 9. 8 percent at the sea-level-cruise condition diff user-inlet Mach num-
ber of 0.355. Combustor-exit temperature pattern factors were less than 0.3 at the
three design points described above. The combustor-exit average radial temperature
profiles at all design conditions were in good agreement with design profiles. Because
of the unusually high combustor heat-release rate, intense mixing was required to obtain
good combustor-exit temperature pattern factors. This requirement caused combustor
total-pressure losses to be somewhat higher than those usually reported for combustors
with less severe heat-release rates, and it was detrimental to the ability to ignite at
altitude windmilling conditions.



INTRODUCTION

This test program was conducted to develop low-cost combustor technology for use
in small turbojet engines.

As part of the gas-turbine technology program at the NASA Lewis Research Center,
studies have been made of the feasibility of reducing the total manufactured cost of small
turbojet or turbofan engines to one-quarter or less of the cost of current engines of sim-
ilar, thrust level (ref. 1). This cost reduction would allow turbojet and turbofan engines
to compete on a cost basis with reciprocating or turboprop engines for light aircraft use.
As a result of studies of aircraft flight requirements, engine cycle characteristics, and
design cost-reduction potential, both a turbojet engine and a turbofan engine were
selected to serve as focuses for the technology program (refs. 1 to 3). The turbojet
engine was designed with a single-stage turbine and a four-stage axial compressor with
a 4:1 compression ratio. A combustor suitable for use in this engine was designed and
tested, and performance results are presented in reference 4.

Because of its potential for low production cost, compactness, and light weight, the
low-cost turbojet engine is attractive for expendable use in missiles or drones, where
it can provide greater range and payload capacity than can be achieved by a rocket en-
gine. Typical requirements for such an engine are discussed in reference 5. At a de-
sign flight Mach number of 0.8 at 6096 meters (20 000 ft) altitude, a thrust of 1557
newtons (350 Ibf) is required. The sea-level static thrust is 2891 newtons (650 Ibf).
The weight limit is 45. 4 kilograms (100 Ibm), the diameter limit is 0. 31 meter (12 in.),
and the specific fuel consumption must be below 0.18 kg/hr/newton (1.8 Ibm/hr/lbf).
Windmilling startup under ram conditions at altitude is required, as well as sea-level
startup under ram conditions or under static conditions by compressed air impingement
on the turbine rotor.

A turbojet engine intended as a test bed for low-cost technology was designed to
meet these requirements while utilizing the low-cost fabrication techniques described
in.reference 4. This report describes the design of the combustor for the selected
engine and presents the results of combustor performance tests.

SCOPE OF INVESTIGATION

the low- cost turbojet engine and, at the same time, to utilize cost- reducing design
innovations. Some of these innovations are:



(1) The use of a plain perforated-sheet liner for film cooling instead of scoops,"
louvers, and so forth

(2) The elimination of an inner combustor housing wall and the use of the engine
rotating shaft instead

(3) The elimination of costly duplex or variable-area fuel nozzles and the use of
very inexpensive simplex fuel nozzles

Performance data were obtained at four design points (table I) - sea-level static (100-
percent engine speed), sea-level idle, cruise at a flight Mach number of 0.8 at an alti-
tude of 6096 meters (20 000 ft), and cruise at a flight Mach number of 0. 8 at sea level.

ASTM A-l fuel at ambient temperature was used in all tests. Performance data;in-
cluded combustion efficiency, combustor total-pressure loss, combustor-exit tempera-
ture profiles, windmilling ignition data, blowout data, smoke formation and exhaust
emissions, and durability.

The test facility and instrumentation used are described in appendixes A and B, re-
spectively.

DESCRIPTION OF COMBUSTOR

Type of Combustor

The combustor tested (fig. 1 and table II) was designed using the annular one-sided-
air-entry approach described in references 6 and 7 and using experience gained in test-
ing the combustor described in reference 4. In this approach, most of the combustion
air enters through the outer combustor liner, with lesser amounts going through the
combustor snout and firewall to aid in fuel atomization and going to the inner combustor
liner for cooling purposes only. Figure 2 shows a typical distribution of combustion air
in a one-sided-air-entry combustor. No critical air splits between inner and outer !

annuli are required to maintain recirculation and dilution zones in the combustor. Thus,
effects of radial distortions in compressor flow are minimized, and a suitable
combustor-exit temperature profile is achieved even at off-design conditions.

It has been found that small combustors do not operate as efficiently as larger com-
bustors (ref. 8). This effect has been correlated as a function of the combustor hydrau-
lic radius. The hydraulic radius of the one-sided-air-entry combustor can be maximized
for a given combustor cross-sectional area by use of the space close to the rotating
shaft. Use of this space is possible because only a narrow passage is required for the
small amount of cooling air for the inner combustor liner. The hydraulic radius has
been further increased, and weight and cost reduced, by the elimination of the inner
combustor housing wall. The combustor-inner-liner cooling air flows between the liner
and the rotating shaft, which functions as the inner housing wall.
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Figure 1. - Dimensions of low-cosUcombustor. Dimensions are in centimeters (in.).
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Combustor Liner Design

The use of perforated-sheet combustor liners is appealing from a cost standpoint.
The effectiveness of film cooling.through the use of circular holes has been investigated
and is reported in reference 9. In using perforated-sheet film cooling, two facts must
be considered: "

(1) The cooling jet does not spread laterally to any appreciable extent.
(2) If the jet has a high velocity, it will penetrate into the main air stream and will

not provide a high cooling effectiveness.
The lateral spread limitation can be overcome by proper orientation of the cooling-

hole pattern (fig. 3). It is necessary only that the hole pattern repeat by the time the jet
is dissipated in the axial direction. The cooling jets function most efficiently when the
ratio of the momentum of the cooling stream to that of the main air stream is of the order
of 0.5; however, fairly good efficiencies can be maintained with momentum ratios from
approximately 0.2 to 0.8. This means that the perforated-sheet method of film cooling
will accommodate a wide range of diffuser efficiencies without severe deterioration of
film-cooling effectiveness.

For good cooling effectiveness, it is generally advantageous to have many holes of
smaller diameter, rather than fewer holes of larger diameter, for a given total open
area. The particular hole pattern chosen was a compromise. The pattern shown in fig-
ure 3 is a relatively coarse one, and its selection was dictated by the consideration that
fine hole patterns are difficult to manufacture in materials typically used in combustor
liners. Preliminary tests showed this pattern to be satisfactory (ref. 10), and this was
confirmed in subsequent testing of the combustor described in reference 4 and in the
combustor described in this report.

. r 0.318(0.125) diam holes

11°—-

Direction of
airflow

1.374(0.541)

1.374 (0.541)

^ 1.374 (0.541)

Figure 3. - Orientation of perforated sheet liner for optimum film cooling.

Dimensions are in centimeters (in.).



The primary-zone and dilution-zone air-entry-hole patterns were established on the
basis of jet penetration theory and previous combustor design experience. Two sets of
diluent holes are'used - one for deep penetration to the inner combustor liner, and the
second for shallow penetration into the region near the outer liner. The pattern used on
the final combustor liner design is shown in figure 4, and a summary of final design com-
bustor dimensions is given in table II.

Figure 4. - Primary-zone and diluent-zone air-entry hole pattern for final
' combustor design. Dimensions are in centimeters-tin.).

Ignition

Two surface-discharge-type igniters, 10 above the horizontal centerline of the com-
bustor on either side, were used. The ignition exciters were supplied with 24-volt dc
electrical power and had an energy level of 12 joules.

Fuel Atomization

Fuel was introduced at 12 circumferential locations through Monarch simplex noz-
zles of the type customarily used in home oil furnaces. The nozzles were as shown in



V " - - _ _ _ „

figure 5, with a flow rate of 0.04 m /hr (10. 5 gal/hr) for each nozzle, at a nozzle pres-
sure drop of 69 N/cm (100 psi). These nozzles were set in six-bladed swirlers in the
combustor firewall (fig. 6) and were manifolded inside the combustor snout, with a
single fuel tube supplying the fuel manifold.

r:-7i-1222

Figures. - Monarch simplex fuel nozzle.
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Swirler-\

. \
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45° number 10.50
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Centerbody with
one blade

Figure 6. - Fuel nozzle and swirler arrangement



CALCULATIONS

Combustion Efficiency

Combustion efficiency was calculated by dividing the measured temperature rise
across the combustor by the theoretical temperature rise. The diffuser-inlet tempera-
ture was taken as the arithmetic average of six thermocouple readings. The combustor-
exit temperature was taken as the arithmetic average of 80 thermocouple readings.
Since the thermocouple rakes were not cooled and the surrounding combustor parts were
at essentially the same temperature as the thermocouples, no radiation correction was
required; and the indicated readings of the thermocouples were taken as true values.

Reference Velocity

Combustor reference velocity was calculated from the total airflow rate, the maxi-
mum cross-sectional area of the combustor housing, and the air density based on the
total pressure and total temperature at the diffuser inlet.

Total-Pressure Loss

The combustor total-pressure loss includes diffuser total-pressure losses and is
defined as

AP _ (Average diff user-inlet total pressure) - (Average combustor-exit total pressure)
P Average diff user-inlet total pressure

t

The total-pressure loss was calculated from the arithmetic averages of 8 total pressures
measured at the diffuser inlet and of 10 total pressures measured at the combustor exit.
The number of readings was limited by the number of pressure transducers available for
data recording. Manometer tubes, giving 24 pressure readings at the diffuser inlet and
30 at the combustor exit, were used periodically as a check. The diffuser-inlet=Mach=
numbers used to correlate total-pressure loss=were=calculatecrfrom the static pressure,
total temperature^and^ro'ss-sectional area measured at the diffuser inlet and from the
total combustor airflow.



Exit Temperature Profile Parameters' "" • " 5 — • - - - - . ,

Three parameters often used in evaluating the quality of combustor-exit temperature
profiles are considered. The first is the exit temperature pattern factor 6, defined as

_ " T T ;' ' ' . . '

6_ exit, max exit,av
T - Texit,av inlet, a v

where T. .. - T ... is the maximum temperature occurring anywhere in theexit, max exit, av • *•
combustor-exit plane minus the average combustor-exit temperature. The term

^"ex't a " ^'nlet av *s use(* *n a^ three parameters and is the average temperature
rise across the combustor. This parameter considers the maximum positive difference.
between an individual temperature and the average temperature, but it does not take into
account the design radial temperature profile of the combustor. A temperature which
is higher than the average combustor-exit temperature may be only slightly above the
desired temperature at the midspan of a turbine blade, while the same temperature
would_be excessively high at the blade hub. Two parameters which taken the design pro-
file into account are

IT - T\ r, exit, local
K ^ "

stator ™ ™
exit,av " inlet, av

and

\Tr,exit,av " Tr,exit,designymax

rotor T - Texit,av inlet, a v

.. -\ r •
where ^Tr>exit)local-Tr)exit>des.gnjmax for 6stator is the largest positive tempera-

ture difference between the highest local temperature at any given radius and the design
temperature for that radius; and where (T ^ av - T xit design) ^ for 6rotor

\ ' IllaJt

is the largest positive or negative temperature difference between the average radial
temperature at any given radius and the design temperature for that radius. In the case
of Sgtotor ^e maximum excess in local temperature is considered because a stator
blade continuously "sees" this temperature; a rotor blade periodically passes through
the region of high temperature, so that a point on a given radius of the rotor blade
"sees" the average temperature for that radius. Thus the maximum difference in aver-



age temperature is used in calculating 6 -. • . Only a positive difference from the de-
sign temperature is considered in the calculation of 6 .. because a temperature
lower than the design temperature is not. detrimental to the stator blade.. Both .positive
and negative differences from design temperature are considered in the calculation of
6 , because a temperature lower than the .design temperature, while not causing
harm to the rotor blade, results in a deficiency in the work extracted from the gas
stream by the turbine compared with that extracted with proper thermal loading of the
turbine.

Heat-Release Rate

The combustor heat-release rate HRR is calculated as

(LHV)(Wf)(7jc)
HRR =.

(VOL)'(P)

3 3 'expressed as joules/hr^cm -atm (Btu/hr-ft -atrri), where LHV is the lower heating
value of the fuel in joules/kg (Btu/lbm), Wf is the fuel flow rate in kg/hr (Ibm/hr), ij

3 3is combustion efficiency, VOL is combustor liner volume in cm (ft ), and P is com-
bustor inlet total pressure at amotspheres.

Emission Index

Exhaust emissions samples were obtained and analyzed in accordance with SAE
Aerospace Recommended Practice ARP 1256 (ref. 11). The equipment used is described
in reference 12.

The emission index is defined as the ratio of the number of grams of pollutant
formed divided by the number of kilograms of fuel consumed. The amount of pollutant
formed can be expressed as

(MW)p .
x m x ppm ===== =====-======

where (MW)p is the molecular weight of the pollutant; (MW)E the molecular weight of
the exhaust products; m the total mass flow rate through the combustor, composed of
the sum of the air and the fuel flows; and ppm is the concentration of the pollutant in
parts per million. Dividing this expression by kilograms of fuel and simplifying gives

10



the emission index

.
(MW)p

 + ~
El = - -XlO X - — X ppm

OQ f£t<3 I

a

where f/a is the fuel -air ratio. Values used for the molecular weight of the pollutant
are 30 for nitric oxide, 28 for carbon monoxide, and 14 for hydrocarbons. The assumed
molecular weight of the exhaust products is 29 .

Smoke Number

The exhaust gas sample was obtained and analyzed in accordance with SAE
Aerospace Recommended Practice ARP 1179 (ref. 11). Smoke number measurements
were obtained by drawing a meter ed volume of exhaust gas through a filter of Whatman
Number 4 filter paper, which collected all smoke particles suspended in the gas.

The absolute reflectivity of the smoke traces was read with a Welch Densichron.
The instrument was calibrated with gray-scale tiles supplied by the manufacturer. All
sample traces were read over a gray background with an absolute reflectivity of 31. 5
percent. The absolute reflectivity of the clean Whatman Number 4 filter paper read
over the gray background was 77. 5 percent.

The density of the smoke sample was expressed as a smoke number, which is de-
fined by the following equation:

R
Smoke number = 100 ll -

RW

where R is percent absolute reflectivity of sample and Ry, is percent absolute re-
flectivity of clean filter paper (77. 5 percent).

Units

The U.S. customary system of units was used for primary measurements and cal-
culations. Conversion to SI units (Systeme International d'Unites) is done for reporting
purposes only. In making the conversion, consideration is given to implied accuracy
and may result in rounding off the value expressed in SI units.

11



RESULTS AND DISCUSSION

Combustor Development

The first model of the low-cost combustor is shown in figure 7. This model was
directly scaled from the simplex nozzle combustor described in reference 4. In general,
linear dimensions were scaled to 72 percent as compared with the earlier combustor.
Thus, the cross-sectional area was now 52 percent and the combustor volume 37 percent
of the original values. The number of fuel nozzles was reduced from 12 to nine so that
the arc distance between nozzles was approximately the same as before. The number
of air-entry holes in the primary zone and in the two diluent hole rows was reduced
from 12 to nine to correspond with the fuel nozzle reduction. Their areas were chosen
so that the total hole area was scaled correctly, although the individual hole area was
not. The air-entry holes were of the plunged type. The component parts of this model
were fastened together with screws to facilitate modifications during development.

Early test results were satisfactory with regard to combustion efficiency and total-
pressure loss; however, combustor-exit temperature pattern factors were unsatisfac-
tory. Numerous variations were made in the sizes of the primary-zone and diluent-zone
air-entry holes to promote good mixing and uniform combustor-exit temperature distri-
bution. In a number of cases, good pattern factors were obtained at moderate combustor
heat-release rates; but as the fuel-flow rate was increased to the design value, a point
would be reached at which an increase in the pattern factor to an unacceptable level would

Fuel tube
entry hole

Fuel nozzle holder
and swirler-\

C-72-1227 C-72-1228

(a) Upstream view. (b) Downstream view.

Figure 7. - First model of low-cost combustor.



occur. The use of larger-capacity fuel nozzles appeared to delay the increase in pattern
factor until a higher fuel-flow rate was reached. This apparent delay suggests the possi-
bility that, at high fuel-nozzle pressure-drop levels, the momentum of the fuel caused
some of it to burn further downstream in the combustor than desired, precluding proper
mixing with diluent air before it left the combustor.

A combustor was tested in which the number of fuel nozzles was increased from
nine to 12 and the number of primary-zone and diluent-zone air-entry holes was changed
to 12 and they were sized accordingly. This change caused the arc distance between the
fuel injection points to decrease from 6.65 centimeters (2.62 in.) to 4.98 centimeters
(1.96 in.) and resulted in an improvement in pattern factor. However, pattern factors
were still too high at the design fuel-flow rate. Two modifications were made to intro-
duce more air into the primary zone and to improve mixing. The first was an increase
in the size of the combustor snout air-entry holes. The second was a decrease in the
sizes of the primary-zone and diluent-zone air-entry holes in the combustor liner. The
combined effect of these modifications was to cause a leaner fuel-air mixture in the pri-
mary zone with better mixing. Pattern factors were improved significantly, while total-
pressure loss increased slightly and combustor blowout limits became somewhat poorer.
The final model of the low-cost combustor, in which the combustor liner holes are flush
rather than plunged, is shown in figure 8.

/-Fuel tube
/ entry hole

Fuel nozzle
and swirler

C-73-1263

(a) Upstream view. (b) Downstream view.

Figure 8. - Final model of low-cost combustor.

C-73-1262
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Performance Tests

Performance tests of the final combustor design (fig. 1 and table II) were conducted
at the nominal test conditions listed in table I. The results of these tests are presented
in table HI and in the following paragraphs.

Combustion efficiency. - Combustion efficiency data for the low-cost combustor
are presented in figure 9. Figure 9(a) shows that the combustion efficiency at the
altitude-cruise design point is approximately 94 percent. At the sea-level-cruise point
(fig. 9(b)), increased combustor-inlet pressure and temperature cause the combustion
efficiency to increase to approximately 96 percent. These efficiencies are adequate
because of the short mission times for which the engine will be required to operate.
At both cruise design points, the difference between the total amount of fuel to be
carried and that needed at a good combustion efficiency, such as 98 percent, is approxi-
mately 1.8 kilograms (4 Ibm) for a mission duration of 15 minimutes. This is not a
significant weight penalty, and the specific fuel consumption should be well below the
generous limit of 0.18 kg/hr/newton (1. 8 Ibm/hr/lbf).

Combustion efficiency at the sea-level-static condition (100-percent engine speed) is
shown in figure 9(c) to be approximately 96 percent at the design point. This condition
would apply to a takeoff at sea level after a startup achieved by the impingement of com-
pressed air on the turbine rotor to provide an engine speed of 15 to 20 percent prior to
ignition.
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(c) Sea-level static. (d) Sea-level idle.

Figure 9. - Effect of fuel-air ratio on combustion efficiency.

14



The sea-level-idle condition is a test stand condition rather than a mission require-
ment; "However, the re suits, shownah figure^ 9.(d). are of interest in presenting an overall
picture of combustor performance because of possible future use of this type of engine for
other missions or for aircraft propulsion, where ground operation becomes important.
The idle efficiency does not exceed 85 percent even at high fuel-air ratios, and combus-
tion is not maintained at a fuel-air ratio below 0.014. The idle design point for this en-
gine is 50-percent speed, requiring a turbine-inlet temperature of 666 K (740° F). At
100-percent combustion efficiency, the required fuel-air ratio is only 0.0084, a point at
which combustion cannot be maintained. If the efficiency data of figure 9(d) are re-
plotted as a function of turbine-inlet temperature, as in figure 10, it can be seen that, at
the design temperature, a combustion efficiency of approximately 63 percent is achieved.
Low efficiency is not unusual for low-temperature, low-pressure idle conditions; how-
ever, with present emphasis on control of emissions at airports, this low efficiency
might cause a level of unburned hydrocarbons which would be unacceptable. Also, com-
parison of figures 9(d) and 10 shows that the idle design turbine-inlet temperature is
reached at a point where blowout is imminent. Therefore, if the idle performance were
to become an important consideration, it would be essential to have an improvement in
combustion stability and idle efficiency, or at least an increase in idle speed to reach a
higher level of efficiency. . ,

Total-pressure loss. - The combustor isothermal total-pressure loss AP/P is
plotted as a function of the diffuser-inlet Mach number in figure 11. At the altitude-
cruise design point of Mach 0. 8 flight speed at an altitude of 6096 meters (20 000 ft),
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Figure 10. - Effect of combustor-exit temperature on combustion effi-
ciency at sea-level idle.
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Figure.11. - Variation of combustor isothermal total-
pressure loss with diffuser-inlet Mach number.
Nominal inlet-air conditions: total pressure,
28.1 N/cm2 (40.8 psia); temperature, 291 K (65° F).
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the diff user-inlet Mach number is 0.335, resulting in an isothermal total-pressure loss
of approximately 8.8 percent. At the sea-level-cruise design point of Mach 0.8 flight
speed, the diff user-inlet Mach number is 0.355, resulting in an isothermal total-
pressure loss of approximately 9. 8 percent.

These pressure-loss values are higher than those usually reported for two reasons.
The first reason is that the relatively high diffuser-inlet Mach number causes increased
diffuser losses. For instance, if a given diffuser has a total-pressure loss of 2 percent
at a diff user-inlet Mach number ,of 0.25, then at a diff user-inlet Mach number of 0.35,
it will have a loss of nearly 4 percent. This pressure loss contributes nothing to the
combustion mixing process and is therefore completely wasted. '

The second reason is that the combustor-liner total-pressure losses must neces-
sarily be high because of the high combustor heat-release rate. It has been found that,
for high values of heat-release rate, the pressure drop required to achieve sufficient
mixing to obtain good combustion efficiency and a good combustor-exit temperature pat-
tern factor is related to the heat-release rate. The relation is- shown in figure 12 for a
number of current engines. A data point for the combustor of reference 4, from which
the test combustor was scaled, is shown for comparison. Figure 12 shows that the heat-
release rate has no effect on total-pressure loss until a heat-release rate of approxi-
mately 37.3X104 joulesAr-cm3-atm (lOxlO6 Btu/hr-ft3-atm) is reached. After this
point, the total-pressure loss rises steeply with increasing heat-release rate. The
altitude-cruise total-pressure loss for the low-cost combustor, including momentum
pressure loss, is plotted in figure 12 and follows the trend of the other high-heat-
release data.
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Figure 12. - Relationship of combustor total-pressure loss and heat-
release rate for a number of current engines.

16



Combustor-exit temperature profiles. - In the general case, the required average
radial temperature profile at: the 'combustor-exit plane is determined by, limitations on
the allowable stresses in the turbine rotor blades and the requirements for cooling the
combustor-exit transition duct. The maximum allowable temperature is usually located
at approximately 70 percent of the distance from the rotor blade hub to the blade tip. In
the midspan of the blade, the allowable temperature is limited by the creep strength of
the blade material. At the hub, the allowable temperature is limited by the fatigue
strength of the blade material. At the tip, the allowable temperature is limited by the
high-temperature erosion characteristics of the blade material and the fatigue strength
of the stator hub. No study was made to determine a design radial temperature profile
for the low-cost engine. The design profile chosen is typical of those used for turbojet
engines of similar size and thrust level.

Comparisons of test data with the design average radial temperature profile are pre-
sented in figure 13. It must be pointed out that for the short mission times the engine
will have, factors such as creep and tip erosion, and possibly even fatigue, lose signifi-

(a) Altitude cruise at
Mach 0.80 and
6096 meters (20 000
ft) altitude.

Tip
100

80

60

40

20

(b) Sea-level cruise
at Mach 0.80.

Hub -100 -50 0 -50 100 -100 -50 0 50 100
Deviation from average temperature, K

II I I I I I I I I
-200 -100 0 100 200-200-100 0 100 200

Deviation from average temperature, °F

(c) Sea-level static. (d) Sea-level idle,

exitFigure 13. - Combustor average radial
temperature profile.
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cance; therefore, the importance of maintaining the usual "ideal" profile is question-
able. In the case under consideration, the turbine stator is made of two rings with the
stator blades welded between them, with no provision for expansion. For a favorable
stress situation, a uniform radial profile might be desirable, or failing that, a profile
hotter at the outside diameter and cooler at the inside diameter to place the stator blades
in tension. .

The design average circumferential temperature profile at the combustor-exit plane
is a uniform one, so that no turbine stator blade.has a temperature significantly differ-
ent from the average. Test results for the design points are shown in figure .14.,
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Figure 14. - Combustor average circumferential exit temperature profile.

Three parameters often used to describe the quality of combustor-exit temperature
patterns have been defined in the CALCULATIONS section of this report. Values of these
parameters, for the same test points for which radial and circumferential profiles have
been presented, are given in table IV. Values of the combustor-exit temperatur.e^pat^

=terTTfa:ct&P=6=1is a function of the combustor heat-release rate are plotted in figure 15.
Figures 15(a) and (b) present data obtained on two separate days for the altitude-cruise
and sea-level-cruise conditions, respectively. The repeatability of the data is fairly
good, especially at the altitude-cruise condition. It must be kept in mind that even at
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Figure 15. - Effect of heat-release rate on combustor-exit-temperature pattern factor.

the design points, with a combustor temperature rise of approximately 667 K (1200° F),
a variation of 0.05 in pattern factor (e.g., from 0.20 to 0.25) is caused by only a 33 K
(60° F) variation in the highest individual temperature measured at the combustor exit.

Figure 15(c) presents similar data for the sea-level-static condition, with all data
taken during one test session. Figures 15(a), (b), and (c) share a common characteris-
tic in that the pattern factor in all three cases remains at a level near 0. 20 until the

A n c

heat-release rate reaches approximately 37.3x10 joules/hr-cm -atm (10X10 Btu/
o

hr-ft -atm).and then rises gradually to a level near 0.30 as the design heat-release rate
is reached.

Figure 15(d) presents similar data for the sea-level-idle condition. The pattern
factors shown in this figure are in keeping with the poor idle performance of the com-
bustor, which is caused by the detrimentally low combustor-inlet pressure and tempera-?
ture at idle.

Ignition and blowout. - Ignition is required at three design points (table V):
(1) Windmilling at a Mach number of 0.6 at sea level following a rocket-boosted

launch
(2) Static windmilling at sea level with an engine speed of 15 percent of design speed,

which is provided by the impingement of compressed air on the turbine rotor
(3) Windmilling at a Mach number of 0. 8 at an altitude of 6096 meters (20 000 ft)

The last point is the altitude-launch design point; however, ignition is desired at any
Mach number from 0. 5 to 0.8 and at any altitude from sea level to 6096 meters
(20 000 ft). Figure 16 shows a map of the altitude windmilling conditions, in terms of
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Figure 16.'- Map of desired windmilling ignition points with combustor
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combustor-inlet total pressure and combustor reference velocity, with combustor. test
blowout data superimposed. All data are for a fuel-air ratio of 0.020, which is con-
sidered to be the maximum value that would not cause excessive combustor-exit temper-
atures in the test rig. It can be seen that combustion cannot be maintained at the
altitude-launch design point,, and no method of ignition will succeed unless conditions

o
are altered. In fact, the blowout line obtained with the 0.04-m /hr (10. 5-gal/hr) fuel
nozzles does not extend to an altitude of 6096 meters (20 000 ft) even at lower flight
Mach numbers. •

At the very low engine airflow rates associated with the high-altitude windmilling
ignition points, the fuel flow and therefore the fuel nozzle pressure drop are so low that
they cause poor fuel atomization. For example, at the design windmilling ignition point
of a flight Mach number of 0. 8 at an altitude of 6096 meters (20 000 ft), the fuel nozzle

2 p
pressure drop is 6.1 N/cm (8.9 psid). A pressure drop of at least 17 N/cjn^JgjLPjiid)^

J^rjBquired=for=satisfaetory-atomizatio!rr=Iff^rder"to^etermine the effect of improved
fuel atomization on stable operation at the higher altidues, the 0.04-m /hr (10. 5-gal/hr)

o

fuel nozzles were replaced with 0.01-m /hr (3.0-gal/hr) nozzles, with approximately
12 times the pressure drop for equal nozzle flow rates. Figure 16 shows that the im-
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o

proved fueLatpmization provided by the 0.01-m /hr (3.0-gal/hr) nozzles allowed stable
operation at the windmilling conditions found at altitudes exceeding"6096"meters - - - - -=-
(20 000 ft), although still at a flight Mach number lower than that desired.

The improvement caused by the higher-pressure-drop nozzles can be seen more
clearly in figure 17, where the blowout data shown in figure 16 are replotted, along with
ignition data, also at a fuel-air ratio of 0.020. Combustor-inlet .total pressure at igni-
tion and at blowout is plotted as a function of airflow rate. As the combustor airflow
rate is decreased, both ignition and blowout pressure decrease approximately linearly
until an airflow rate of 1.4 kg/sec (3 Ibm/sec) is reached. Below this point, ignition is
not possible at a fuel-air ratio of 0.020. The blowout data also deteriorate at an airflow
rate of 1.1 kg/sec (2.5 Ibm/sec). The blowout data shown for lower airflow rates, and

O

for 0.04-m /hr (10. 5-gal/hr) fuel nozzles, were obtained by igniting at higher airflow
rates and pressures and then lowering the airflow rate to the proper value and obtaining
the blowout pressure. The blowout pressures for airflow rates below 1.1 kg/sec
(2. 5 Ibm/sec) depart significantly from the linear relationship found at higher airflow
rates. Figure 18 shows that, at an airflow rate of 1.4 kg/sec (3 Ibm/sec), the

"? ' ' 20.04-m /hr (10.5-gal/hr) nozzle has a pressure drop of 4.5 N/cm (6.6 psid). At the
o

same airflow rate, the 0.01-m /hr (3.0-gal/hr) nozzle has a pressure drop of 55.2
9 2N/cm (80.1 psid). This nozzle also has a pressure drop of 13.8 N/cm (20.0 psid) at

the 0.7-kg/sec (1. 5-lbm/sec) airflow rate associated with the sea-level air-
impingement-start design point.

O

The improvement in both ignition and blowout with the 0.01-m /hr (3.0-gal/hr) noz-
zles is evident in figure 17. Both curves were extended linearly to an airflow rate of

o
0.7 kg/sec (1.5 Ibm/sec). The disadvantage of using 0.01-m /hr (3.0-gal/hr) nozzles
is that, at the sea-level cruise design point, the required nozzle pressure drop is

O •
787 N/cm (1141 psid), which necessitates a very-high-pressure fuel pump and sturdy
manifolding. In order to obtain the advantage of higher nozzle pressure drop at ignition
points without the disadvantage of excessive fuel pressure at the flight design points,
some form of dual manifolding could be used, so that a lesser number of nozzles could
be used during ignition. Since the flow rate of a simplex nozzle is proportional to the
square root of the nozzle pressure drop, using half of the nozzles for ignition and there-
by doubling the flow per nozzle results in four times as much nozzle pressure drop.
Early in the test program, a combustor was tested which differed from the final design
in that it had smaller snout air-entry holes and larger liner air-entry holes. Of the
12 nozzle positions, every other one was blanked off in one test; and in another test,
eight were blanked off, leaving one nozzle on either side of each igniter. The test con-
dition was the 15-percent-speed air-impingement-start condition, where ignition at a

O

fuel-air ratio of 0.020 was not possible when twelve 0.04-m /hr (10. 5-gal/hr) nozzles
were used. Figure 19 presents the test data as fuel-air ratio required for ignition as a
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Fuel nozzle pressure drop, N/cm2

6 8 1 0 1 2 1 4
Fuel nozzle pressure drop, psid

16 18

Figure 19. - Effect of fuel nozzle pressure drop on fuel-air ratio re-
quired for ignition. Nominal inlet conditions: total pressure,
10.3 N/cm2 (15. Opsia); temperature, 308 K (95° F). Number of
0.04-m^/hr (10.5-gal/hr) nozzles used noted beside each data
point.

function of nozzle pressure drop. With only four nozzles and a nozzle pressure drop of
o

11.2 N/cm (16.2 psid), ignition was obtained at a fuel-air ratio of 0.021, compared
with the fuel-air ratio of 0.030 required when all 12 nozzles were used.

Another technique which might be successfully utilized is that of injecting pulses of
fuel at high fuel-air ratios so that atomization is improved but the time-averaged fuel-
air ratio is not high enough to cause excessive combustor-exit temperatures upon igni-
tion. Also, the allowable fuel-air ratio for ignition might be much higher in the engine
than the 0.020 fuel-air ratio to which the combustor test rig is normally limited. The
low inertia of the engine allows it to accelerate from windmilling to design speed in only
2 to 4 seconds. Since engine airflow increases immediately upon ignition, the fuel-air
ratio could be lowered quickly, and excessive turbine-inlet temperatures could be
avoided. /:

Although these techniques will provide adequate ignition conditions at two of the
three ignition design points, the altitude-launch design point poses a more difficult prob-

o
lem. There is a difference of approximately 2.8 N/cm (4 psi) between the combustor -
inlet pressure at the design point and the blowout pressure, and an even larger differ-
ence at the corresponding ignition pressure. It is doubtful that an increase in the allow-
able ignition fuel-air ratio will alone overcome these differences. Some means might
be used to reduce the airflow rate, thus bringing the altitude-launch ignition point of .fig-
ure 17 to the left, across the ignition line. Some device will have to be used to keep the
engine from windmilling continuously while being carried by the aircraft, in order to
avoid bearing failures. A means of reducing airflow at ignition might be incorporated
into this device, perhaps a diaphragm on the engine tailpipe that would be designed to
blow out upon ignition and acceleration. A combination of reduced airflow rate and in-
creased fuel-air ratio may provide the required ignition conditions.

It should be pointed out that the difficulty of igniting at the altitude windmilling igni-
tion point stems from two sources:
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(1) The off-design conditions associated with the altitude windmilling ignition point
are very severe.

(2) Development effort was keyed to obtaining a good combustor-exit temperature
pattern factor. One of the trade-offs to obtain this was decreased ignition capability.

At the altitude windmilling ignition point, the engine airflow rate is nearly half of
that at the altitude-cruise design point, while the compression ratio is very close to 1.0.
This causes the diffuser-inlet Mach number to be 0.428 at the altitude windmilling igni-
tion point compared with 0.335 at the altitude-cruise design point, and the isothermal
total-pressure loss AP/P to be 0.144 instead of 0.088. The resulting increased mix-
ing in the combustor primary zone is detrimental to ignition because it tends to break up
the areas of high local fuel-air ratio necessary for ignition. The increased combustor
reference velocity lowers the residence time of the fuel-air mixture in the primary zone,
again making ignition more difficult.

One of the design modifications made to improve the combustor-exit temperature
pattern factor was an enlargement of the combustor snout air-entry holes to allow more
air to enter the primary zone through the fuel-nozzle swirlers. The resulting leaner
primary-zone fuel-air ratio and increased mixing made, a substantial improvement in the
pattern factor, but both factors are detrimental to ignition capability. Some combustor
models tested earlier in the development program, with richer primary zones, had
somewhat better ignition capability, but their pattern factors were considered to be un-
acceptable. . ,

It is clear that at the high heat-release rates the combustor experiences, an inter-
relationship exists between the combustor-exit temperature pattern factor, total-
pressure loss, and ignition capability. For the combustor described in this report, the
pattern factor was optimized with some detriment to total-pressure loss and with con-
siderable detriment to ignition capability. Further development work is anticipated to
attempt to improve ignition capability without increasing the pattern factor. If engine
tests demonstrate that the pattern factor is not a critical parameter and may be allowed
to increase, improvements in both ignition capability and total-pressure loss can be
achieved.

Emissions. - Measured values of oxides of nitrogen (NOJ,. carbon monoxide (CO),
•— -^-^^— . X

unburned hydrocarbons (HC), and smoke number are presented in table VI. Although
emissions data are not of direct interest in an ordnance application, they will be of value
in the event that this type of engine is considered for civil aircraft applications.

Endurance. - Endurance testing was limited to 15-minute operationat^each_of the
fourdj^gjy2pjjits^ofJablei.=^ mission time expected in an
ordnance application. No damage was caused to the combustor during this time.
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-_. _«_. __,. -__^_. SUMMARY OF RESULTS _ _ . . . _ _ /

A combustor designed for use in a low-cost engine was tested with ASTM A-l fuel.
The final combustor configuration produced the following results:

1. Combustion efficiency was approximately 94 percent at the altitude-cruise design
point and 96 percent at the sea-level-cruise design point.

2. Combustor isothermal total-pressure loss was 8. 8 percent at the altitude-cruise -
condition diff user-inlet Mach number of 0.335 and 9. 8 percent at the sea-level-cruise-
condition diffuser-inlet Mach number of 0.355.

3. Combustor-exit radial temperature profiles were in very good agreement with the
design profile at all design conditions, with no experimental radial average temperature
differing from the design temperature by more than 33 K (60° F).

4.. Combustor-exit circumferential temperature profiles were satisfactory, with only
a few experimental circumferential average temperatures differing from the combustor -
exit average temperature by more than 50 K (90° F).

5. Combustor-exit temperature pattern quality parameters were good. The pattern
factor 6" was 0.264 at the altitude-cruise condition, 0.265 at the sea-level-cruise con-
dition, and 0.274 at the sea-level-static condition.

6. Ignition capability must be improved to provide starting at all desired windmilling
start points.

7. Exhaust emissions and smoke number are generally low at all test conditions.
8.- Endurance testing was limited to approximately 15 minutes at each design condi-

tion, a typical mission length for ordnance applications. No damage to the combustor
was caused during this time.

Lewis Research Center,
National Aeronautics and Space Administration,

Cleveland, Ohio, May 16, 1973,
501-24.
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APPENDIXA

TEST FACILITY

. Testing of the combustor described in this report was conducted in a closed-duct
test facility in the Engine Research Building of the Lewis Research Center. This facility
is illustrated in figure 20. •

A heat exchanger, utilizing the exhaust gases of as many as four J-47 combustor
cans as a heat source, heated the combustion air to the required combustor-inlet tem-
peratures without vitiation. A large plenum chamber preceding the test section ensured
good mixing and temperature uniformity through the use of punched-plate baffles. A
bell-mouthed inlet provided a smooth transition to the test section. The hot exhaust
gases from the combustor were cooled in a water-spray section before they entered the
facility exhaust ducting. Airflow rates and combustor pressures were regulated by re-
motely controlled valves upstream and downstream of the test section.
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APPENDIX B

INSTRUMENTATION

Test data required to determine combustor performance were recorded at the test
facility on punched paper tape. The data were subsequently transferred from the paper
tape to a magnetic tape and processed through a digital computer to provide combustor
performance results. Control room indicating and recording instrumentation was used
to set the test conditions and to monitor the condition of the test section and the test
facility. Pressures were measured by strain-gage-type transducers and manometers.
Temperatures were measured by iron-constantan and Chromel-Alumel thermocouples
of the unshielded wedge type (ref. 13, type 5).

Airflow rates were measured by square-edged orifice plates installed in accordance
with ASME specifications. ASTM A-l fuel-flow rates were measured by turbine flow-
meters.

Combustor-inlet total temperature was measured by six equally spaced Chromel-
Alumel thermocouples located near the upstream flange of the combustor housing
(fig. 21, plane A-A). Inlet-air total pressure was measured by six equally spaced, four-
point, total-pressure rakes at the diffuser inlet (fig. 21, plane B-B). At the same loca-
tion, static pressures at the diffuser inlet were measured by wall static-pressure taps,
with six on the outer annulus wall and three on the inner annulus wall.

Combustor-exit total temperature was measured by 16 five-point, Chromel-Alumel,
thermocouple rakes spaced as shown in figure 22 and located at the combustor exit
(fig. 21, plane C-C). At the same location, combustor-exit total pressure was mea-
sured by two five-point total-pressure rakes spaced as shown in figure 22. Static pres-
sure at the combustor, exit was measured by .wall static-pressure taps, with three on the
outer annulus wall and three on the inner annulus wall.

Combustor exhaust emissions and smoke were measured by three equally spaced
water-cooled single probes manifolded together and located slightly downstream of the
thermocouple rakes (fig. 21, plane D-D).
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/ housing /
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Figure 21. - Schematic drawing of combustor housing and instrument section showing location
of instrument planes.

o Total temperature
• Total pressure
• Static pressure

Figure 22 - Combustor-exit instrumentation plane, looking downstream,
showing locations of combustor-exit total-temperature probes,
combustor-exit total-pressure probes, and combustor-exit static- •
pressure probes.
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in î  co • ^* •
^JH C-- ' Tf D-
CM CM N rt

O 10 O O

1— ( ~H i-H

en en en CD
CO i-l CO CD
0 — 1 O CD
l-t 1-H 1— *

T}< CD C- CO
1-1 in CD co

c- co en co

TJ< m en co
CM 1-1 co in

CO CD ' ^ i-H

1-1 CD cn en
co CM in i-H
CO ^ CO i-l

en CM in 1-1
co en in CM

co co co cn
o co in en
•̂  c- in -H

I-H o in c-
CO ^ CO CO
CNJ in co 1-1

O
0
0 o o O
o
CM

CD
g o O O

CD

CO • CO — — i '

o 8 o g > o £

•5 | -5 • S IS i |
W Q , 2 o S 0 1 S - S
S S w w

i-l CM CO I"

i

32



TABLE II. - COMBUSTOR DIMENSIONS - FINAL DESIGN

Length, cm (in.): . •
Compressor exit to turbine inlet - 26.85 (10.570)
Firewall to turbine inlet . . . . . _ ; . . . 16.97(6.680)

Diameter, cm (in.):
Inlet, outside . . . . . . . 21.03 (8.280)
Inlet, inside - ' . . . . . . 17.37 (6.840)
Exit, outside 24.44(9.622)
Exit, inside 16.54 (6.510)

Combustor liner volume, m3 (ft3) . . . . . ' 0.0057 (0.201)
9 9

Combustor reference area, cm (in. ) . .. , 593.58 (92.00)
Diff user-inlet area, cm2 (in.2) 110.3 (17.10)

9 2 • . . .
Open hole area, cm (in. ):

Snout holes (projected area) . . . . . . . . . . . 47.68 (7.39)
Swirlers. • 29.55(4.58)
Primary-zone hole row 27.16 (4.21)
First diluent hole row.' . 27.16 (4.21)
Second diluent hole row ." 24.58 (3.81)
Cooling holes in perforated sheet " 59.04 (9.15)

Ratio of length to height at reference plane 2 .58(2 .58)
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TABLE IV. - COMBUSTOR-EXIT

TEMPERATURE .QUALITY

PARAMETERS

Test point
(see table I)

1

2

3

. 4

6

0.264

.265

.274

.337

stator

0.268,

.268

.253

.343

rotor

0.052

-.055

' .055

-.0,88 '

TABLE V. - NOMINAL IGNITION POINT COMBUSTOR-INLET CONDITIONS

Design condition.

Altitude launch
at Mach 0.8

Sea -level launch
with rocket
boost to
Mach 0.6

Sea -level launch
with air-
impingement -.
start

Altitude

m

6096

0

0

• ft

20000
!

0

0

Airflow -rate

•kg/sec

1.58

2.15

0.68

Ibm/sec

3.49

4.73

1.50

Pressure

N/cm2

8.4

14.2

10.6

psia

12.2

20.6

15^4

Temperature

K

306

324

294

OF

91

124

69

40



TABLE VI. - EXHAUST EMISSIONS DATA

Test point
(see table I)

1

2

.3

Fuel-air
ratio

0.0061
.0123
.0187

0.0061
.0119
.0187

0.0063
.0125
.0180

O A1 EC

.0201 •

Exhaust emissions

Oxides of nitrogen

Emissions
index,
gAg of

fuel

1.1
2.1
2.9

3.9
4.2
4.6 .

2.5
3.0
3.7

0 "5

.8

Concen-
tration of

pollutants,
ppm

4
16
34

15
31
53

10
25
41

K

10

Carbon monoxide

Emissions
index,
gAg of

fuel

155.2
79.5
53.1

51.7
34.5
24.8

86.4
" 50.0

39.0

Concen-
tration of

pollutants ,
ppm

975
1000
1010

325
420
472

560
640
715

Hydrocarbons

Emissions
index ,
gAg of

fuel

49.8
13.9
4.0

4.0
1.0

.1 •

14.3
3.1

.7

"i4 7

30.0

Concen-
tration of

pollutants,
ppm

625
350
150

50
25

4

185
. 80

24

1 Tin
1225

Smoke
number

2
3
6

4
5
9

2
4
9

9

7
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