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ABSTRACT

The SERT D (Space Electric Rocket Test - D) study defines a
possible spacecraft project that would demonstrate the use of electric
ion thrusters for long-term (5 yr) station keeping and attitude control

' !
of a synchronous orbit satellite., Other mission objectivés included in
the study were: station walking to satellite rendezvous and inspection,
use of a low-cost attitude sensing system, use of an advanced solar
array orientation and slip ring system, and an ion thruster integrated
directly with a solar array power.source. The SERT D spacecraft, if
launched, would become SERT III, the!third space electric thruster test.

(SERT I was launched in 1964 and SERT IT in 1970).
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FOREWORD

This SERT D Project Study has been prepared by members of the Spacecraft
Technology Division who constituted a SERT design study team, Additional
study team members included staff from the Electrochemical Technology
Section and the Solar Cell Applications Section of the Energy Conversion
and Materials Science Division., Elmer H. Davison and Robert C. Finke
headed this SERT design study team. The team was assisted by all members
of the Spacecraft Technology Division who contributed their advice and

knowledge during the course of the project study.

This document has been reviewed by E. H. Davison of the Spacecraft Technology
Division, Lewis Research Center, and J. Lazar of the Space Propulsion and

Power Division, NASA Headquarters.

The principal contributors to the various sectioms of this 3ERT D Project
Study are listed below:
1.0 Project Proposal

Introduction - E. H. Davison

Mission Objectives - E, H, Davison

Baseline Spacecraft Configuration - R. J. Zavesky

Subsystem Trade-Qff Studies - R. C. Finke

Launch Vehicle - R, C, Finke

Summary - R. C. Finke

2.0 Mission Requirements and Operations ~ J, E. Cake and J. D. Regetz, Jr.



iii
3.0 Spacecraft Deéériptions « J. D. Regetz, Jr.

4.0 Subsystem Design
Body Cells and Solar Array ~ A. F. Forestieri
Rendezvous Radar -.R. W. Myhre
Inspection Television - R. W. Myhre
Attitude Controi - J. D. Regetz, Jr. and T. A, 0O'Malley
Electric Propulsion - R. C. Finke, B. A. Banks and W. R. Kerslake
Electrical Power - E. R. Theman, E. H., Kramer
Thermal Contrel - J. E. Maloy
Telemetry, Tracking and Command - M. J. Conroy
HVSA Experiment - A. C. Hoffman and 5. D. Gooder.

Solar Array Orientation Mechanism - F. D. Berkopec

5.0 Program Plamning - E. H. Davison, R. C. Finke, N, L. Milder and

J., D, Regetz, Jr.

6.0 Appendices _
Directly Regulated Housekeeping Array - S. T. Gooder and A. C. Hoffman
Proposed Use of Silver-Zinc Battery for SERT D - D. G. Soltis |
Nickel - Hydrogen Battery Experiment - J. Dunlop of COMSAT Laboratories

Large Vacuum Facilities - R, C. Finke, A. D. Holmes and T. A. Keller.
I

The layout of the detailed spacecraft configuration was done by R. J. Zavesky.
Final editing, checking and report assembly was done by C. A. Low and

W. R. Kerslake.

The contributors to this report would like to acknowledge the help of
Linda Finke of the Spacecraft Technology Division for her skill and

dedication in preparing the manuscript of this report.
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1.0 PROJECT PROPOSAL

1.1 introduction
The development of space technology in the United States led
to early recognitiﬁn of the usefulness of synchronous equatorial
orbit satellites for practical applications. These applications
in general fall into the areas of commdnications, navigation and
weather observation. At some future date, the transfer of solar
energy from space to earth may be added to the list of applications.
Initially, the unique feature of the synchronous satellite, its
ability to remain over one earth location, could not be fully
exploited because of inherent technology limitations. In general,
these limitations were launch vehicle payload capability, long
term satellite attitude stability and station keeping requirements,
power sources for satellites, and aerodynamic shroud volume
limitations. Presently launch vehicle_payload limitations are no
longer a problem although the cost of alleviating payload restraints
still determines whether certain applications are practical. Long
term satellite attitude stability was initially obtained by
employing spin stabilization. However, spin stability in conjupction
with the use of solar cells as a power source and the restrictions
of aerodynamic shroud volume limitations seriously restricted the
power available to a satellite. Since aerodynamic shroud volume
limitations are an inherent restriction and solar cells appear to
be the power source for the foreseeable future, spacecraft designers

are developing light weight deployable solar arrays to meet increased
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satellite power requirements. Such arrays cannot be used with spin

stabilization techqiques, but require three axis stabilized space-
craft with articulated joints between the solar array and spacecraft
center body. These developments are leading to a new generation of
satellites which are in an early development stage. Their evolution,
however, will require flight demonstration of new technology items
such as light weight deployable arrays, efficient transfer of power
across articulated joints, ete. Since the inhefent stability of a
spinning body can no longer be employed and larger satellite areas
result in.greater disturbance torques, new attitude control techniques
must be demonstrated. These techniques require thrust devices with
high specific impulse to avoid the requirement of allocating an
appreciable percentage of satellite weight to propellent for attitude
control and station keeping purposes. Cold gas or chemical systems
are not suitable for attitude control and station keeping because

they have inherent specific impulse limitatiors that impose large
propellent weight requirements on satellites. Electric propulsion
devices, on the other hand, can provide at least an order of magnitude
increase in specific impulse. For this reason, NASA has actively
pursued their development as satellite thrust system devices.

Electric propulsion thrusters have been under developmenf since
1958. The specific impulse of the most extensively developed systems,
the Kaufman mercury bombardment ion thruster, is in the 3000 sec
range, high enough for the longest planned satellite missions. Over

100,000 hours of development tests have been performed including
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thruster lifé tests up to 9715 hours and component life tests
exceeding 13,000 hours on these thrusters. In addition, two
flight tests (SERT I and SERT II) have been conducted with these
thrusters. With this development history behind the Kaufman
thrusters, it appears appropriate to apply their unique capability
to the next generation of synchronous satellites.

The SERT D study described herein addresses the.applications
of Kaufman thrusters and other technology to the next generation
of synchronous orbit satellites. Because the proposed SERT D
satellite represents the next generation of technoleogy to be
employed in synchronous orbit, it is appropriate at this stage of
development to demonstrate the technology and concepts required to

standardize and lower the cost of this next generation of satellites.

Mission Objectives

A discussion of SERT D mission objectives follows:

Objective I - Ion thrusters have been under development by the LeRC
and other organizations for a number of years, yet their practical
application remains to be demonstrated. Their use at synchronous
altitude for station keeping and attitude control represents one

of the most attractive application of these propulsive devices és
has been detailed in many studies. The ability to éxecute this
experiment existsat the LeRC and should be used to translare this
technology into a practical capability for synchronous orbit use.

ATS-F will fly ion thrusters that will be used for demonstration
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of North-5outh station keeping and attitude confrol. This initial
experiment wil] be wvaluable in promoting the use of ion thrusters.
However, the demonstration is short_term and exéerimental in
nature and, therefore, will not provide the practical demonstration
of long term operation of ion thrustersrequired fpr future spacecraft
projects. In contrast, SERT D will demonstrate the practicality of
using ion thrusters as in-line functional elements of the attitude
control and station keeping system for long duration missions. In
addition, duration testing equivalent to five years of mission life
will be accomplished. Thus, the successful performance of SERT D
will greatly enhance the practical application of ion engines to
future spacecraft.

There exists also a real requirément to demonstrate a low cost
precision station keeping and attitude control capability for a
spacecraft having sun oriented solar arrays and anm earth oriented
center body. Such a configuration and capability has many advantages
over existing synchronous orbit spacecraft. A sun oriented solar
array minimizes the solar cell area required to perform mission
functions and hence reduces: the spacecraft size and cost. Precise
station keeping of the earth oriented center body greatly simplifies
the ground-communication equipment required to make use of the
synchronous orbit platform, The simplification of ground equipment
and attendant lower cost will greatly expand the range of domestic

and foreign user organizations that can afford a synchronous orbit



platform.

The Communications Technology Satellite (CTS) will provide a
first step in the required development, but its planned station
keeping capabilities (* 1 degree north-south, * 0.2 degrees east-
west) and attitude control (% 0.1 degrees in pitch and roll, 1.1
degrees in yaw) can be improved upon:significantly. The proposed
SERT D.would ﬁrovide a demonstration of this improved capability
with * 0.05 degree north-south, 0.10 degree east-west, 0.08 degree
pit;h, and 0.2 degree yaw. In addition, SERT D would represent a
NASA technology development readily available to U.S. industry and

government users.

Objective II - As a corollary objective to objective I, SERT D will

be used to demonstrate the ability of the electric propulsion thrust
subsystem to station walk the spacecraft from its original on-
station position to a different longitude. The longitude adjustment
and inclination change maneuvering capability provided by the
electric propulsion subsystem will allow a rendezvous mission to be
performed.

Ground tracking stations will command the ion thruster system
to relocate the spacecraft into proximity with an existing
synchronous satellite. Then, on-board radar will be exercised to
locate and pinpoint this satellite's position, allowing the SERT D

to be positioned close enough to perform a visual inspection by



means of an on-board television system.

Electric propulsion will provide a very fine degree of control,
allowing a close approach for a minute inspection of the satellite;
The orbits of SERT D and the satellite will be closely matched to

provide ample time for a thorough inspection of the satellite.

Objective TIT - A major item of cost in developing and constructing

a precisely stabilized spacecraft is associated with the attitude
sensing systems. Most three axis stabilized spacecraft employ
either star trackers, interferometers (not vyet flight tested) or
both for precise sensing of spacecraft attitude. Both systems are
extremely expensive and the interferometer systems require ground
station support to function. The proposed SERT D sensing system
eliminates the need for either a star tracking or interferometer
system and relies on inexpensive rate integrating gyros and sun
sehsors for the critical yaw sensing requirements. Demonstration

of the performance and reliability of the SERT D system would permit

substantial cost reductions in future synchronous orbit spacecraft.

Objective IV - Availability of a solar array orientation mechanism

(8A0M) and power/signal transfer slip ring system is crucial to

the development of low cost orbit platforms. Systems have been
under development for a number of years within NASA that circumvent
the problems of existing systems. For example, liquid metal slip

rings (LMSR) have been developed at the LeRC that solve the wear



debris problem and eliminate the stiction problem associated with
conventional slip rings; _This technoiogy must be demonstrated in
an actual spacecraft, however, before it will find acceptance an&
receive general application to future épacecraft. This LMSR
technology as well as the latest SAOM technology would be

demonstrated on the proposed SERT D,

Objective V - Solar arrays using silicon solar cells are essentially
the exclusive source of electrical power for earth satellites.
However, the cells have basic limitations associated with them in
that:

(1) the cell's power is developed at low voltage, approximately

0.5 volts per cell.

(2) the cell's power degrades with time in the radiation
environment of space.

(3) the cell's power output is sensitive to cell.temperaturg
variations,

As a result of the above limitations, the cells have only been

used to date as a raw source of low voltage power. Unfortunately,
this low voltage power does not meet most spacecraft electrical load
requirements. As a consequence, this low voltage power must be
conditioned using complex power conditioning equipment. This

power conditioning equipment is also heavy and its inefficiency
results in significant spacecraft thermal, structural and other

design problems. For many electrical loads, this power conditioning
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equipment can be eliminated by using integrated solar array power
conditioning techniques pioneered by the Lewis Research Center.
These techniques consist essentially of configuring solar cells
in the requirgd series/parallel groupings such that the electrical
load voltage and current requirements are satisfied. Power
variations iIn the cells due to temperature and radiation effects
are compensated for by shorting switches on the array that can be
used to control the power output of the cell grouping‘in a
controlled fashion. Protection due to cell or intercomnect failures
is provided by diodes in parallel with cell groupings. These
advanced power control techniques would be demonstrated on SERT D
for appropriate thruster electrical loads. Such.a demonsgstration
would provide a significant step forwar& in spacecraft power

system technology.

Objective VI - In addition to demonstrating technology, the

spacecraft would provide an experimentation platform for a modest
number of experiments. These exXperiments would be defined based

on proposals received after project approval. Obvious candidates
are advanced solar cells, array fabrication techniques and follow-

on SPHINX experiments.

Objective VII - Perhaps the major benefit to be obtained from the

development is that NASA would have available ‘for future applica-

tions, a low cost synchronous orbit platform or bus. Such a bus



could be placed in orbit in the future by its own launch wehicle
or could be used as a shuttle/tug payload. It could be easily
tailorea to satisfy the power and size requirements of man§ users.

A low cost synchronous orbit platform has many applications.
For example, users could add communication equipmenf to the bus to
obtain very low cost communication systems. Such a communication
spacecraft would be very attractive to developing countries
because the precise station keeping capability of the bus would
minimize ground system cost. Other applications of the bus are
for navigation and weather satellites. As noted in the intrdduction,
a new generation of synchronous orbit satellites is developing.
The various technologies required by this new generation of
satellites have been developed, but have not been combined into
flight proven spacecraft. In executing a SERT D project, flight
proof of the concepts and technologies required by thé next

generation of synchronmous orbit spacecraft will be accomplished.

Objective Priority - The study showed that all mission objectives

might not be achievable within present Thor/Delta launch
capabilities., As a consequence, decisions are required on the
priority of achieving the objectives and on the necessary weight
contingency at. project start. More detailed studies and further
discussions are required before final decisions can be made. It
appears, however, that it may be necessary to forgo a rendezvous

demonstration in order to adequately demonstrate thruster life

and operational procedures.
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Baseline Spacecraft Configuration
The pr0poséd SERT D is shown in‘figure 1.3.1 in its deployed
in-orbit configuration. Structurally it consists of an earth
tracking center body and fold-out arrays that track the sun. The
solar array rotation axis is oriented in the north-south direction.
(i.e. perpendicular to the synchronous orbit plane). The earth
facing side of the center body contains a high gain anténné for
communication with the LeRC ground station. Two ion thrusters in
conjunction with three-axis reactioh wheels provide station
keeping and attitude control for the spacecraft. The thruster
system 1s fully redundant since only one body mounted and one
array mounted thruster is needed for control purposes. The thrust
vectors of the body mounted thrusters point east and west (tangent
to the orbit velocity wvector or roll axis). The thrust vector of
the array mounted thrusters point north and south and are aligned
with the array rotation axis which passes through the center of
gravity of the spacecraft (pitch axis). Each solar array panel is
provided a single degree of rotation by a solar array orientation
mechanism (SAOM). Slip rings in the SAOM provide for the transfer
of instrumentation and command signals, and electrical power across

the rotating joint.
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Subsystem Trade Off Summary

Launch vehicle payleoad 1limitations preclude the inciusion
of all the desired experiments. Two alternative spacecraft
configurations which satisfy payloéd.réstraints, but meet all
mission objectives are discussed.

Configuration I carries an on-board randezvous fadar which
enhances the probabilities of locating a companion spacecraft.
The radar is quite heavy (77 lbs) and the weight contingency
of this configuration with the radar is 27.3 pounds. Preliminary
studies indicate that radar may not be required for rendezvous.
In this event, the radar could be removed and an ion thruster
nickel-hydrogen battery experiment could be incorporated.

Configuration II (the proposed baseline spacecraft
configuration) has the on-board radar removed, and depends instead
on ground tracking stations to provide guidance until the space-
craft are in close enough proximity to allow the inspection
television system to provide information for terminal guidance.
Elimination of the on-board radar and addition of the ion
thruster nickel-hydrogén battery experiment increases the weight
contingency margin to 58.8 pounds.- While Configuration IT is the
proposed configuration, it should be noted that radar rendezvous

requirements might dictate the development of Configuration I.
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1.5 Launch Vehicle

The basic wvehicle for use in this mission is tﬁe three-stage
Thor Delta vehicle model 2914;.116 feet long, 8 feet in diameter,
and weighing 202,500 pounds gross. (See Fig. 1.5.1)

The extended tank Thor first stage is 73 feet 4 inches long
and uses the Rocketdyne H-1 main engine developing 205,000 Qounds
thrust. The fuel is RJ1 and theroxidizer is LOX. The main eﬁgine
is gimbal-mounted to provide pitch and yaw control from lift-off
to main engine cutoff (MECO). Two liquid-propellant vernier
engines provide roll control throughout first-stage operation,
and pitch and yaw contxol from MECO to first-stage separation.
Nine Castof IT solid propellant motors of 52,000 pounds thrust
each (burn time 38.7 sec.) provide additional propulsive force.
Guidance is provided by the second stage.

The second stage is the 8-foot diameter Delta employing the
Aerojet AJ10-118F pressure-fed gimballed engine and a new "DIGS"
guidance system with a digital computer. Fuel for this stage is
Aerozene 50 and the oxidizer is nitrogen tetroxide, developing a
thrust of 9400 pounds. This stage weighs 12,000 pounds gross.
?itch and yaw control is provided through second-stage burn. A
nitrogen gas system using 8 fixed nozzles provides roll control
during powered and coast flight as well as pitch gnd yaw control

after second-stage cutoff (SECQ). Two fixed nozzles fed by the
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propellant tank helium pfessurization system provide retro-thrust
after third-stage separation. (See Fig. 1.5.2)
The spin-stabilized third stage uses a .solid propellant motor

IE 364-4,.deve10ping a total iméulse of 653,500 1bf-second at an
' average thfust of 14,870.pounds {16,900 1bs. maximum). This
stage is 38 inches in diaﬁeter and 68 1/4 inches long. (See Fig.
1.5.3) |

' The committed capability éf the launch vehicle is 1500
pounds into the synchrénous transfer orbit. This éapability does

not include the adapter weight.
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1.6 Summary
Configuration II éllows the direct demonstration of thruster
life by operating the two E-W thrusters in opposition. The duty
cycles in this mode will be increased to provide the equivalent of
5 years station.keeping_thfuster operation to be demonstra;ed in
somewhat less than oné }ear of spacecraft life, .The equivalent
experiment with Configuration I requires maneuvering the space-
craft in a complex pattern in order to retain its station.
Demonstration of thruster operation wiﬁh a bat;ery will be
done with configuration II. This démonstration may be an
important precursor for future communication satellite designs.
Configurat}on II'places a greater emphasis on precise
guidance and tracking by STDN stations. Mission profiles
addressing thié problem will be a part of the spacecraft design.
The greater benefits resultant to the mission, in conjunction
with a larger weight margin clearly dictate that configuration IX
should be pursued as the SERT D baseline configuration.
A FY 75 start, would allow a launch in mid CY 77.. Hoﬁever,
a launch late in CY 77 would be more realistic and would provide
schedule contingency.
The project cost (from project approval to launch) in Net
R&D dollars for configurations I and I1 are 16.5 and 18.3 million,
respectively. The manpower requirements for both configurations are
approximately the saﬁe at 448 manyears. Botﬁ the dollar and manpower
estimates include a 20% contingency and the dollar estimates include

a 5% yearly inflation rate.
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2.0 MISSION REQUIREMENTS AND OPERATIONS

2.1 Mission Profile

Introduction - The objective of the SERT D mission is to launch a

sﬁacecraft'into a synchronous equatorial orbit, and tb demonstrate
the use of 8-cm ion thrusters for attitude control, east-west and
nérth-south station keeping, station walking, and rendezvous
functions. Accelerated life testing of the body mounted thrlusters
wili also be performed. The station keeping experiments will be
performed in the longitude quadrant centered about the Earth's minor
axis at 105° west. The rendezvous experiments will be performed
with other spacecraft in a synchronous, nearly equatorial orbit.
The station walking demonstration will involve placement of the
spacecraft at its target longitude following apogee injection, and
maneuvering the spacecraft between station keeping experiments.
The east-west thrusters will be subjected to an accelerated life
test. Seven months on an accelerated cycle schedule will simulate
five years of normal operation for station keeping and aﬁtitude
control. The thrusters will also be operated over the five year
life of the mission in the cyclic fashion required by station .
keeping and attitude control. Rendezvous operation may require
thruster operation up to 48 days, depending upon the relative
positions of SERT D and the rendezvous target. Rendezvous and
station walking operation will be combined with the accelerated

life testing demonstration.
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Transfer Orbit - The SERT D will be-launched with the Délta 2914

launch vehicle at a time compatible with the launch window
.constraints. Following lift off, the first stage burn and a partial
burn of the second stage will place the spécecraft, assuming a 95°
1auhch aximuth, into a 28.7° inclined 100 n.m. circular parking
orbit, After a 17 minute coast in the parking orbit the second
stage is restarted. The second and third stage burns perform a
small plane chapnge and inject the spacecraft, épinniﬁg at 60 rpm,
into an inclined elliptical transfer orbit 26 minutes after lift
off.

The apogee altitude of the transfer orbit is biased above the
nominal synchronous altitude, such that following the apogee motor
burn, the orbit is elliptical and has a westward drift on the order
of 6 degrees per day. The station keeping exberiments will be
performed in the longitude range of 60° west to 150° west, where
the boundaries represent the lengitudes of maximum drift
acceleration causzed by the Earth's triaxiality. Assuming 5°
elevation angles, the spacecraft is visible from Cleveland in the
longitude range of 10° west to 153° west. Apogee injection to the
west of 10° west is desirable if visibility from Cleveland during
fhe drift phase is a consideration. Selecting a drift rate bias of
6°/day west and applying a typical 99% diépersiOn of t12°/day
results in drift rates which could range from 18 deg/day west to

6 deg/day east. Because the injection error distribution is
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rGaussian, less than 10% of the apogee injections would result in
an eastward drift. The drift rate bias is selected such that the
spacecraft arrives at the target longitude within an acceptable
period of time. The transfer orbit apogee is biased about the
synchronous altitude to yield the desired drift rate after apégee
motor firing. The magnitude of the apogee bias and the transfer
orbit inclination are determined such that the spacecraft weight
at station acquisition is maximized. The transfer orbit perigee is
100 n.m. " After injection into the transfer orbit, the spacecraft
telemetry and command functions, along with spacecraft ground
tracking for orbit determination will be initiated as soon as
ground station visibility permits. A sufficient number of ground
stations and an adequate tracking schedule will be provided to
determine precise transfer orbit pérameters for spin axis attitude
determination and apogee motor aiming. The spacecraft will remain
in the perigee injection attitude until sufficient attitude
information is available for the spin axis precession maneuver
into the apogee motor firing attitude. Data from two horizon
crossing indicators and a digital sun sensor are available for
attitude determination. The optical axes of the horizon sensors
are canted at a small angle (4° - 6°) with respect to the spin
plane. The digital sun sensor ﬁeasures the sun elevation angle
from the spin plane and provides a command pulse for referencing

the thruster firings for the precession maneuver.
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In the perigee injection attitude, the earth sensor coverage
is such that data is available for only a few minutes after
transfer orbit injectioh. Shortly thereafter, the sensors lose
the earth and do not reacquire until the spacecraft approaches
apogee. A coarse precession maneuver will be executgd in the
neighborhood of the first apogee where the earth sensor data will

.be available to monitor the maneuver. During the maneuver, the
spin axis is precessed in a manner which honors the thermal and
power design limits of the spacecraft, maintains adequate antenna
patterns, and provides earth sensor data to monitor the maneuver.
The maneuver will consist of a series of attitude determinations,
maneuver computations, and maneuver executibns. The precession
maneuvers will be performed with a hydrazine thruster aligned
parallel to the spin axis. A fipal trim maneuver will be performed
shortly befbre the seconq apogee, which is the first opportunity
for firing the apogee mogor.

As mentioned previously, the second and third stage of the
launch vehicle placed the spacecraft into an inclined, elliptical
transfer orbit having an apogee biased above the nominal
synchronous altitude. The apogee motor is used to raise the
perigee to near synchronous altitude and to remove the orbit
inclination. Following injection, the spacecraft is despun, the
solar arrays deployed, and the spacecraft controlled in a three

axis mode. TFollowing attitude acquisition, it is desired to
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place the spacecraft in the longitude duadrant centered about

105° west for purposes of conducting the east-west and north-south
station keeping experiménts. Any longitude within the quadrant is
acceptable; However, an initial experiment at either 60° west or
150° west would demonstrate east-west station keeping at the
points of maximum drift acceleration due to the earth's
triaxiality.

Nominally, the orbit established following injection has a
semi-major axis corresponding to a 6 deg/day westward drift rate.
Table 2.1.1 shows the longitudes of the apogee injection as a function
of apogee number for an apogee bias of 600 n.m. above synchronous
altitude. The drift rate subsequent to injection is reduced by
firing the 8-cm ion thrustgr mounted on the east face of the
spacecraft and directed opposite to the velocity vector. For an
injection on the second apogee and 4 nominal initial drift rate
of 6°/day, the drift rate is reduced to zero, 23 days after
injection with the spacecraft positioned at 150° west. Less
westerly stations, of course, fequire less drift time, approximately
one day for six degrees in the longitude region of interest.

Station acquisition times for off nominal injection, for
example the 997 apogee injectioq dispersion, could increase the
drift time to 150° west longitude to 80 days. During the station
acquisition phase, the inclination dispersions are corrected

using the 8 cm ion thrusters mounted on the north and south



faces of the spacecraft. For an ihclination error of .5°, the
maximum expected dispersion, 40 days of continuous thrusting is
required to remove the inclination.

The transfer orbit operations are shown in diagram form in

figure 2.1.1, and as a sequence of events in table 2.1.2.
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TABLE 2.1.1 -~ INJECTION LONGITUDES ASSUMING A 600 N.M. HIGH APOGEE BIAS

APOGEE NUMBERS INJECTION.
LONGITUDE
1 101° east
2 62° west
3 134° east
4 29° west
5 . 167° east
6 ' 4° east
7 1 157° west

8 7 37° east



TABLE 2.1.2 - MISSION OPERATIONS SEQUENCE

Launch + 26 Minutes =~ Injection into transfer orbit

3 1/2 hours

4 1/2 hours

5 1/2 hours

7 1/2 hours

12 1/2 hours

14 hours

16 1/2 hours

3 days

T, + 80 days

60 days
72 days
132 days

360 days

Enable T & C

]

Initiate orbit determination
Initiate attitude determination
Reorientation maneuver
First apogee
Complete trim manéuver
Continue attitude determination
Trim to precise firing attitude

Second apogee

Fire apogee motor

Complete attitude acquisition

Commence drift rate removal

Acquire station at 180° west (60° west)

Perform station keeping and attitude
control experiments -

Station Walk to 135° west
Perform S/K experiment at 135° west
Station walk to 120° west

Initiate rendezvous

26
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DETERMINATION

Figure 2.1.1 - Transfer Orbit Profile
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Synchronous Orbit Operations
i

Introduéuion - .Table 2.1.2 also shows the sequence of synchronous
operations. Upon arrival at 150° west, precise station keeping
and attitude control will be demonstrated for a éeriod of two
months. The spacecraft will then station walk to 135° west where
the attitude control and station keeping experiments will be
continued. The station walking capability of the 8 cm thrﬁster
system is shown in figure 2.2.1. Twelve days are required to
accomplish the required longitude change of 15 degrees. The
entire longitude quadrant centered at 105° west will be mapped
with a series of station keeping and station walking experiments.
These demonstrations will verify the achievable station keeping
accuracies as a function of control‘period and drift acceleration.
As the station keeping experiments are performed, the
position and status of other spacecraft in a synchronous, nearly
equatorial orbit will be reviewed for candidates as rendezvous
experiments. Depending upon the relative position of the SERI D
spacecraft and the candidate rendezvous spacecraft, it may be
advantageous to interrupt the station keeping experiments aﬁd
proceed with a rEndezvﬁus eXperiment.. Otherwise, the rendezvous
experiment will be deferred until the initial station keeping
experiments are completed. The north-south and east-west thrusters

will be operated simultaneously to produce the required inclination
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and longitude change for rendezvous. Figure2.2.l shows that the
max mum longitude change of 180 degrees can be accomplished
within 48 days. Any inclination change required can be

accomplished at a rate of .1 degree per 8 days of thrusting.

Station Keeping Operations - The forces which disturb the station

of the satellite include lunar and solar gravity, earth's
triaxiality, and solar pressure on the spacecraft. The errors in
the north-south (N-5) direction are caused by an increase in
orﬁit inclination which results from gravitatiohal attraction by
the suﬁ and moon. The effect on the spacecraft is to cause a
daily latitudinal variation of the subsatellite point north and
south of the eqﬁator, of magnitude equal to the orbit inclination.
Errors in the east-west (E-W) direction result from two sources.
First, the earth's tiiaxiality causes a constant drift toward

the earth's minor axis which must be nulled periodically. The
.second perturbation is caused by solar pressure on the space-
c;aft. The force resulting from this pressure causes an increase
in orbit eccentricity. Thereffect of the eccentricity is to
produce a daily longitudinal variation of the subsatellite point
east and west of the desired station, of magnitude (in radians)
equal to twice the eccentricity. As discussed in section 2.3

the station keeping system is required to control béth longitude

and latitude to * _05°.
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North-south station keeping is accomplished by controlling
brbit inqlination. This is done by firing an array-mounted 8 cm
thruster for a period of time centered on an orbit nbdet If the
control (or COrrectién) is made daily, each thruster would run
for.l,3 hours. The south thruster would fire on the decending
node, and the north thruster on the ascending node.

East-west station keeping, when.counteracting the effect of
solar pressure, is accomplished by rotating the line of apsides
of the eccentric orbit, using two tangential impulses, oﬁe-half
an orbit period apart. The solar pressure changes both the
eccentricity of the orbit and the orientation of the iine of
apsides. If the line of apsides is pfoperly placed, the éolar
pressure will cause the eccentricity to decrease and then
increase as shown in figure 2.2,2. Thus, the station keeping
maneuver is accomplished by rotating the line of apsides each
.time the éccentricity reaches the allowable 1limit. The thrust-
ing duty cycle is a function of the satellite area-to-mass
ratio. Of the two impulses required to rotate the line of
apsides, the one must be in the bosigréde direction and the
other in the retrograde directioﬁ. These impulses on SERT D can be
obtained directly by using the 8 cm thrusters mounted on the east and
west faces of the spacecraft. The maximum east-ﬁest variation due
to solar pressure on SERT D is about * .05 degrees if left |

uncontrolled. In order to minimize the overall east-west variation,
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however, it may prove to be desirable to control the solar pressure
variation to a lesser value. If a maximum variation of % .01

degrees were chosen, the thrusting time required of the body mounted _
thruster would be 45 minutes twice during one orbit every seven days.
The array mounted 8-cm thrusters provide the backup capability. One
thruster would be required to operate for 4.3 hours twice during

one orbit every seven days. The required posigrade and retrograde
impulses are achieved by alternatively yawing the spacecraft plus

and minus 10 degress.

East-west station keeping to counteract the effect of earth
triaxiality is accomplished by periodically changing the orbit semi-
major axis. The variation in semi-major axis as a function of
variation in satellite longitude is shown in figure 2.2.3 for cases
with station keeping and without station keeping, for the triaxiality
effect. The coordinate system is referenced to the desired operating
station. The deadbands for the acceptable longitude error caused
by the triaxiality are also shown. The station keeping procedure
is to first obtain a precise orbit definition and then set the
semi-major axis at the value Aa. less than the synchronous value
as shown at point A, The perturbation will result in the orbit
sweeping the arc ABC over the control period. Af the point C, the
semi-major axis is reset to point A, The control period over the
arc decreases as the longitude of the operating station referenced

to the earth's minor axis at 105° west increases. A change in semi-
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major axis requires two impulses. Howéver, both of these are in the
same direction, and are retrograde for stations loéated east of 105°
west longitude. Therefore, use of the east body mounted thruster
appears to be attractive for this operation. Alternatively, or as

a back up the array mounted thrusters can be used as.préviously
described, in which case the solar-pressure and triaxiality
corrections can be combined, resulting in some savihg in propellant.
If the correction were made every seven days with the east body
mounted thruster, the total thrusting time per impulse would be 22

minutes.

Station Walking and Rendezvous Operations - The station walking and

rendezvous operations consist of changing the longitude of the
synchronous satellite by a significant amount. The rendezvous
operation may also involve changing the inclination of SERT D to
to rendezvous with spacecraft that are at synchronous altitude but
do not have north-south station keeping.

Station walking is accomplished Ly changing the orbit radius
to a value other than synchronous, prdducing a drift rate, and then
changing the orbit radius back to synchronous when the desired
longitude change has been achieved. To broduce a westward station
walk with low thrust, the maneuver consists of thrﬁsting in the
direction of the orbit velocity vector until half the desired

longitude change has been made, and then thrusting opposite the
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velocity vector for the other half of the longitude change. An
eastward station walking is accomplished.by reversing the thrust
directions. Figure 2.2.1 shows the minimum time required to
accomplish a given change in spacecraft longitude. The
characteristic velocity associated with each longitude change can
be reduced by allowing a coasting time between thrusting periods,
and accepting the longer station walk time.

Because it may be desirable to perform a rendezvous maneuver
with spacecraft which either do not have N-5 station keeping or for
which the N-S station keeping system has failed, it may be necessary
to change inclination during rendezvous as well as station. The 8-
cm ion thrusters mounted on the solar arrays would be used for this
maneuver as they provide directly the north and south impulses
required. However, because of the large AV réquirements,
considerable time is involved in changing inclination with these
thrusters. For instance, the time required to change station by
180 degrees is about 50 dafs. During thié time, the array mounted
thrusters, firing continuously, can change inclination by about
0.6 degrees. Thus, unless long rendezvous times are allowed,
rendezvous will be limited to those spacecraft having inclingtions
of less than 1 degree. It is pessible that the hydrazine system
could be used to change inclination for an extreme case, but it
could not be used regularly without significantly increasing the

hydrazine required,
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Mission Requirements

The spacecraft orientation accuracy requirements are
determined by the objectives which are to be achieved. 1In its role
as a SEPS/GEOSEPS precursor flight, SERT D should demonstrate an
ability to control attitude to the accuracy required during the
coasting or unpowered phases of these missions. Similarly, in its
station walking and rendezvous phases, it should demonstrate the
ability to control thrust vector and spacecraft orientations to the
accuracies required during the SEPS and GEOSEPS rendezvous operations.
During the thrusting portions of these missions, thrust vector
orientation is specified to be controlled to ]l degree, while
during the coast phases, rfhe most stringent attitude accuracy
requirement is 0.5 degrees.

A further objective of SERT D is to demonstrate both a low
cost attitude control and station keeping capability and also
its use as a low cost synchronous orbit platform fof future
applications. Almost certainly, one of these applications would

be as a 3-axis stabilized high power communications satellite.
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A review of the attitude control accuracies specified for the
first generation satellites of this type presently being executed
(ATS-F and CTS) indicates that this type of application results in
much smaller values for these tolerances than those for SEPS and
GEOSEPS. (CTS attitude control accuracies aré + 0.1 in roll and
pitch and 1.1 degrees in yaw). As the power level and transmission
frequency of these satellites increases, the control requirements
will become more stringent for reasons which will be explained in
detail at this time.

The synchronous orbit attitude control accuracy requirements
for high-power communications satellites are determined by the
beamwidth of the spacecraft antenna, the power required at the
ground antenna, and the power available on the spacecraft. The
pointing accuracy becomes more stringent as the antenna beamwidth
becomes narrower, which occurs as transmission frequency is
increaéed. For an application requiring a specified satellite
effective isotropic radiated power {(E.I.R.P.) for reception by
earth terminals which have specific antenna and receiver
characteristics, consideration must be given to the relative
influence of the satellite transmitted power and antenna beamwidth
in providing this E,I.R.,P. In an application requiring only spot
coverage, a narrow antemna beamwidth tradés-off in relaxing the
transmitter power requirements. Also, the satellite antenna, by

producing a narrow beamwidth, will minimize spillage of power into
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adjacent geographic regions and thus minimize interference.

In an application requiring coveragé to a large geographic
region of irfegular shape, a single antenna beam may not meet
requirements because of interference into adjacent regions. The
solution 1s to produce a contoured antenna beam made up of a
cluster of narrow beams. fhus, for an application of either spot
coverage or large area coverage, narrow antenna beams may be
required, resulting in stringent attitude control accuracy
requirements. For a specified geographic coverage area, increased
attitude control accuracy results in reduced solar array power.

The half-power beamwidths of satellite antennas receiving
frequencies in the 12-14 GHZ range may be as small as 0.5°. 1In
determining the attitude control accuracy requirements, the trade
off between satellite transmitted power and attitude control
accuracy must be considered. As an example of analyzing this
trade off, assume that the‘satellite is required to cover a
geégraphic region with a circular antenna beam. Let Oc be the
angle, subtended from the satellite, which just covers the
geographic region (see figures 2.3.la and 2.3.ib). If the attitude
control system permits a maximum antenna pointing error of * @e,
then the spacecraﬁt antenna must be designed to cover an enlarged
area of aqgular width 8 + 2B8e (see figure 2.3.2). 1If the minimum
power flux density to be received by the coverage region is

specified, then the required satellite transmitted power as a
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funb&ioq of attitude control accuracy is given approximately by

A

. | : .V N . ir- | N 2
LT Z o= 11+ 28,

* | .
P A o, |

' &héé% f is the transmitted power and‘f* is the transmitted power
for-;gfé attitude control errors. This function is plotted in
figéré 2.3.3, where the value of B¢ is assumed to be 0.5 degrees.
It iérbbvious from this fig@re that the transmitted power, and
hen;é Lhe solar array size can be reduced sﬁbsﬁantially by keeping
the attitude errors as small as possible. There is, however, a
praétidal limit to the accuracies which can be obtained at present,
wLich is governed predominantly by lhe accuracies of the attitude
error sensors. It is expected that the development of microwave
interference techniques (interferometers) in the near future will
permit attitude measurement accuracies on the order.of .01 to .02
degfées; yielding overall positioning accuracies of about .03
degrees for the pitch andjfoll axes of a spacecraft. The accuracy
. aboﬁz yaw will be somewhat less. Howe#er, yaw need not be held as
ﬁ_a;cﬁ;atélj’as pitch and roll. "The effect of an actual yaw rotation
upop, the location of the gfound spot &epends upon the angle between
.;he}Hﬁtenna-pointing axls and the spacécraft roll-piteh plane (or
<Athe?i§ﬁitu&e of the ground spot). The allowable error decreases
as‘fhis angle increases. Thus, to obtain an effective yaw tolerance

- on the ground of .03° for a spot beam aimed at the northermmost

rd
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latitude of interest, such as Alaska, only requires that the
spacecraft yaw axis be held to about 0.2 degrees. Therefore, if
‘the individual errors about roll, pitch and yaw are taken to be
.03, .03 and .02 degrees respectively, figure 2.3.3 shows that the
power penalty over the Z@ro error case is about 65 percent for the
worst case error and for a 0.5 degree anfenna beamwidth. However,
if errors of 0.1, 0.1 and 0.7 degrees are chosen, the power penalty
goes to nearly 300 percent, a sizable difference.

If the coverage region is to be covered by a contoured beam,
then the attitude control accuracies should be chosen so that the
enlargement of the coverage region due to pointing errors is not
unduly large. As mentioned before, it is desirable to minimize as
far as possible the power spillage into adjacent areas because of
interference problems. An example of coverage area enlargement for
the state of Alaska is shown in figure 2.3.4. The satellite was
here assumed to be located at 130°W longitude. The coverage area
enlargement is shown for roll, pitch, and yaw errors of 0.03°,
0.03°, 0.20° and for roll, pitch, and yaw errors of 0.10°, 0.10°,
énd 0.70°. The enlargement due to the 0.03°, 0.03°, 0.20° set of
errors is not unduly large and is representative of the desired
closeness of fit. Thus, for both single-spot and multiple spot
contoured beams, high power communication satellites will benefit
by holding the attitude tolerances as small as possible.

A typical future high-power communications satellite which
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"is to be held to .03°, .03°, and 0.2° may need to use an
interferometer system to sense attitude errors about all three
ages, and reaction wheels as the prime torguers in order to obtain
high accuracy pointing. BSuch a system can be flight démonstrated,
at considerably less expense without using an interferometer, by
using a high-quality earth sensor to provide earth-based pointing
information about the roll and pitch axes, and a rate integrating
gyro-sun sensor combination to provide yaw error. The main
difference between this system and the interferometer system would
be in the accuracies obtained in roll and pitch. It should be
possible to maintain yaw attitude within 0.2 degrees with the sun
sensor-gyro combination, but the best earth sensors_have stated
overall accuracies of .06 to .07 degrees, which would result in
control accuracies of about .08 or .09 degrees, rather than the .03
degrees desired. The system thus demonstrated should be capable of
achieving better pointing accuracies %hen required in future flights
by the substitution of the more accurate interferometer system. 1In
addition, the demonstration would provide a flight qualified
synchronous orbit platform capable of controlling a payload to
"intermediate" attitude accuracies. To attempt to obtain pointing
accuracies of .03 degrees without an interferometer would require
using non-earth oriented sensors such as star trackers and sun
sensors in the roll and pitch axes. Such a system would be more

complex than the interferometer system hecause of the additional on
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board computgtion required (resolution or erxror signals into
coordinates acceptable to the attitude control eiectronics and
actu#fors, etc.) In addition; the system would not closely resemble
that likely to be used on future satellites. Therefore, the SERT D
spacecraft will use a two-axis earth sensor for pitch and roll

o

error signals, and attitude accuracy goals will be .08°, ,08°,

and .2° roll, pitch, and yaw, respectively.

Station Keeping Requirements - The station keeping accuracy

requirements’foﬁ.high-power communication satellites are determined
on the assumptionlthat the ground receiving antennas will have
pointing but not tracking capability. 1In applications requiring a
large number of receivers, the ground receiver costs may be a major
portion of the total system cost. In such applications, the need
for low-cost receiving antennas will rule out tracking capability.

The loss in the signal strength received by the ground antenna
is due primarily to two factors. One factor is the pointing ervor
of the ground antenna, i.e., the deviation of the electrical axis
of the antenna from the nominal satellite position. The second
factor is the station keeping error. Letting Qp be the pointing
error and 8; the station keeping error, the worst case total error
will be the sum Gp + 6;.

It will now be shown that the stétion keeping accuracy should

be chosen so that Qp + GS does not exceed approximately one-half of
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the half-power beamwidth of the ground antenna. In the usual case,
the E.I.R.P. of the satellite and the power to be received are both
specified. Knowledge of these twofspecifications determines the
groﬁnd antenna size if it is assumed that Gp and 65 are both zero.
Singe 6, # 0 and 6; # 0 in the real case, the ground antenna
diameter must be made somewhat larger to allow for the nonzero
errors and still meet the specifications on E,I.R.P.. and received
power. As the antenna diameter becomes larger the antenna half-
power beamwidth, 8, becomes narrower. Figure 2.3.5 shows the
allowable worst case errof, 6, + Qp, as a function of ground
antenna half-power beamwidth, 8,- The ordinate and abscissa are
here normalized by 8,%, the value of antenna half-power beamwidth
for the ideal case of Qp = 03 = 0. For point A, where 9, / 8,*% = 0,
the antenna size would be infinite but the beamwidth would be
infinitely small, and therefore no error in Qp + 8, is allowable.
At point C, 85 / 6,*% = 1.0, the antenna size is the minimum
allowable to meet the specifications on received power, and any
value of QP + 95 other than zero will cause the received power to
drop. Therefore, the optimum value of beanwidth (or antenna size)
lies between these two extremes as shown by the figure. For a
specified value of worst case error, 8, + Qp, the curve produces
two values of half-power beamwidth. Each of these corresponds

to a different antenna size. The value which lies between points

B and C on the curve would always be chosen because it represents
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a smaller antenna and thereforelless cogt. The actual value of

8o chosen between points B and C woﬁld depend upon the funding
available for the ground antenna, but it is obvious that from the
station keeping point of view it is best to select the value of

6, corresponding to point B. It can be seen that for any point on
the curve of figure 2.3.5 between points B and C, the worst case

allowable error, 6_ + Qp, does not exceed approximately one-half

s
9,.

Therefore, for future high-power communication satellites, 6,
should be chosen so that 8, + ép = 1/2 9,, where Qp and 8, are
representative of ground receivers which may be used in future
applications. The diameters of such antennas will probably be in
the 6 foot to 10 foot range. For receiving frequencies in the
12-14 GHz range, the half-power beamwidth could be as small as
0.5°. The pointing errbr Qp is due to initial acquisition error,
wind deflec£ion, snow and ice loading, thermal distortion,
refraction, and diffraction. The total pointing error from these
effects would be appfoximately + 0.2°. This error could be
reduced by using a more expensive antenna, but in applications
requiring many ground antennas, the added expense may be
prohibitive. With 6, = 0.5° and Gp = 0.2°, a reasonable value for
B, is 0.07°. A station keeping error of * 0.05° in the north-
south direction and * 0.05° in the east-west direction will yield

a value of 0.07° for 8.
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Thus, to demonstrate station keeping to the degree of
accuracy which may be required of future high-power communications
satellites, the station keeping tolerances shouid be in the range
of * Q.05 degrees in both the east-west and north-south directions.
Maintaining the latitudinal variations within the * 0.05 degree
band for SERT D should be possible, because daily corrections are
planned in order to obtain maximum station keeping efficiency
using the ion thrusters. Because the inclination change due to the
lunar and solar attractions is about .002 degrees per day, it
should not be difficult to maintain inclination within about the
error tolerance associated with determining inclination
(approximately * .02 degrees).

Longitudinal station variations are caused primarily by two
perturbation sources. The earth's triaxiality causes a long
period (about 2.2 years) oscillation around the earth's minor
axis points. Solar pressure causes a varilation in orbit
eccentricity which results in daily longitudinal oscillations,
the magnitude of which are functions of the spacecraft area to
mass ratio and reflectivity. For SERT D the maximum variation
due to this effect ﬁould be about .05 degrees if uncontrolled.
Therefore, because the variation due to triaxiality cannot he
held to zero, it will be necessary to actively control the solar
pressure variation to.less than .05 degrees. Previous analyses

have indicated that controlling the longitudinal variation due
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to earth triaxiality to .05 degrees may be difficult to achieve
because of errors inherent in the orbit determination process.
Therefore, in order to minimize the total east-west station
variation, it may be desirable to minimize the solar pressure
variation as muéh as possible. A complete, detailed analysis and
tradeoff study must be_performed which will result in an east-
west station;keeping operational plan which minimigeé the total
east-west variation, in order to arrive at the actual longitude
variation which can be maintained. Until such a study is
complete, it will be assumed that the total east-west variation

will be maintained within * 0.1 degree.
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3.0 .SPACECRAFT DESCRIPTIONS

3.1 Spacecraft Configuration

Figure 3.1.1 shows the proposed SERT D spacecraft in its launch
configuration. The in orbit configuration was shown previously as
figure 1.3.1. A description of the major features of the spacecraft
follows.

The spacecraft will be designed around the apogee motor and
will conform to the Delta payloéd envelope shown earlier in figure
1.5.3. A thrust tube is formed around the apogee mofor and is the
ingide wall of the spacecraft. A frustum of a cone structure will
mount the spacecraft apogee motor thrust tube to the Delta 3731A
attach fitting which mounts the spacecraft to the third stage
Delta engine. A reinforced ring is mounted to the cone at the
spacecraft separation plane and is also supported by foﬁr struts
that extend from the spacecraft apogee motor mount to the inside of
the ring.

In the deployed in orbit configuration, the spacecraft is
oriented so that the north and south panels of the center body
always face deep space and are the best surfaces for radiating
significant heat. Most of the spacecraft systems components
requiring significant heat rejection will be mounted to these panels
in addition to the solar arrays and their orientation mechanisms.

Therefore, the panels will have to be structural members. Struts
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will be used to carry the loads from the panels directly to the
reinforced ring and thé attach fitting. A structural panel or
shelf will act as a shear membér between thé base of the four
outside panels and the thrust tube. The tops of the four panels
are attached to the tﬁrust tube by either struts or a plate
which would act as a cover. More structural ties between the
panels and the shear tube may be’required_to stiffen the center
of.the panels and act as shear ties across the spacecréft. The
housings of the solar array orientation mechanism may be used for
this purpose to support the north and south panels. The edges
of the north and south panels can be joined by cross shear
members. These would be used to mount the east and west S-cm
thrusters and the east and west face sheets.

The structure will be fabricated from aluminum sheet metal
parts whenever possible. Riveting will be the standard method
of joining the structural members. The cover plates will be
screwed to.the structure. They will be aluminum sheet or honey-
comb, depending on whether they are used as a cover or as a heat
radiating surface with components mounted to the innér face.

The spacecraft must have enough area to radiate the heat
that is geﬁerated by the thruster, power conditioning; telemetry,
attitude control system, and experimehts such as the TV camera
and radar systém. The spacecraft is orienﬁed so that the antenna

on top of the spacecraft center body faces the earth, the solar
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arrays extend from the north and south faces, and the body mounted
thrusters are on the east and west faces. Because of this
orientation,.the‘northjand south faces of the spacecraft always
face deeé space and are the best surfaces for radiating the excess
heat. The areas of the north and south faces ﬁere selected.on the
basis of the heat that the center body of the spacecraft has to
radiate. The width was determined by the width of the solar array
storage configuration. The east and west panel width was determined
by the constraint of putting the apogee motor, two solar array
orientation mechanisms two folded solar arrays and two thrusters
in line within the shroud envelope diameter.

The spacecraft must be designed to provide mounting for the
components. Component placement is determined by four considerations:
1) the dynamic balance of the spacecraft about the spin axis;

2) the moments of inertia about the .principle axis; 3) the balance
of heat that must be radiatéd from the north and south faces, and

4) a subsystem grouping. Most of the compdnents will be mounted

on the nortﬁ and south panels of the spacecraft. The reaction
wheels and the hydrazine tank will be mounted on the shear plate
that connect the outer panels to the thrust tube and the panels

at the apogee motor mount. The antenna and camera will be mounted
on the top of the spacecraft. Figure 3.1.2 shows a top line
schematic of thé position of some of the major components. The

attitude control components are mounted on the porth panel and the
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telemetry and comﬁand system componenfs aré mountedlon the south
panel.

| The solar arrays aﬁd solar array orientation mechanisms with
slip rings are mounted cnrthe north and south panels. Tﬁe solar
arrays will be folded against the panelsand be held in place with
straps and explosive bolts. A cover will be required ovéf the
north and squth panels in order to mount the solar cells required
for the transfef orbit power. A hole will be cut in the covers for
the north and south thrusters. The covers will be ejected prior
to solar array deployment. The sclar array depléyment mechanism
will include a bar linkage which will move the array away frdm the
spacecraft to achieve a better thermal view factor'fo; the north/
south panels. Solar cells will also be mounted on the east and

west panels of the spacecraft for transfer orbit power.
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Configurgtion Trade Offs

To optimize the mission potential of SERT D and yet remain within
the spacécraft launch weight budget, it was:necessary to consider
potential alternative experiments. The alternative experiments
resulted in a nuhber of spacecraft configurations. Two of the
configurations are described herein.

Both copfigurations are basically the same as that shown in
figure 1.3.1. The Aifference being that configuration I incorporates
rendezvous radar at the expense of.the ion thruster/nickel-hydrogen
battery experiment of Configuration II.

Both configﬁrafions will accomplish all the stated mission
objectives. However, Configuration I require more complicated
maneuvers to demonstrate duration testing equivalent to five year
mission life and to demonstrate étation walking. Both demonstrations
require 180 degree yaw maneuvers and involve other complications.
Configuration II eliminates the need for yaw maneuvers and increases
thruster redundancy. It also provides for a demonstration of
powering a thruster from a nickel-hyarogen battery. Table 3.2.1
lists the spacecraft suﬂsystems for Configuration I and associated
weights and power requirements. As table 3.2.1 indicates, the TV
and radar systems impose a severe weight penalty on the Configuration

I spacecraft, reducing the contingency to marginal limits. BSeveral
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desirable aubsystem experimenﬁs were eliminated from Configuration
I, in order to obtain the weight contingency. These were the NiH,
battery and associated thruster station keeping demonstration plus
the east panel thruster life test. Potential of using the STDN
stations to provide fhe guidance data for the rendezvous maneuvefs
is under study. DeveloPﬁent of this technique would allow the
elimination of the radar system. Table 3.2.2 lists the spacecraft
subsystems, Configurétion II and associated wéight and power
requirements. As can be noted, eliminating the radar permits
incorporation of the thruster/Ni‘H2 batterf experiment and increases

the weight contingency to 58.8 pounds.



61
TABLE 3.2.1 - CONFIGURATION I - WEIGHT AND POWER ESTIMATES
(IN ORBIT-GEOSYNCHRONOUS)

SUBSYSTEM WEIGHT, LB AVERAGE POWER,
' ' WATTS
Structure ' 160 0
Apogee motor, empty 60 0
Attitude control 100 59.5 (max 100)
Solar blanket 18 N 0
North array thruster * 6 - 13.9 153 1
P.C. 9
South array thruster % . 13.9 153 2
(hybrid) P.C. 6 |
East panel thruster * : 17.5 153 1
P.C. ' 9
HVSA 0 0
-SAOM 14 : 1.5 (max 11.0)
Array structure 72 0
Body-mounted cells 7.6
Ag-Zn battery 20 5 20 3
Radar * 77 123
TV + transmitter * 25.8 f 143
TT&C 36 27
Power system - 50 27
Thermal control 40 0
Balance weight 10 -0
TOTAL WEIGHT 759.7
WEIGHT CONTINGENCY 27.3
1 150 watts from 70 volt bus + 3 watts from 28 volt + bus
2 123 watts from HVSA + 30 watts from 28 wvolt bus
3

Charging power

* These devices must share use of 70 wvolt bus
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TABLE 3.2.2 - CONFIGURATION II -~ WEIGHT AND POWER ESTIMATES
o ' (IN ORBIT - GEOSYNCHRONOUS)

SUBSYSTEM WEIGHT, LB AVERAGE POWER,
' WATTS

Structure ' 160 - 0

Apogee motor, empty 60 : o

Attitude control 100 59.5 (max 100)

Solar blanket . 18 0

North array thruster * "13.9 153 1
P.C. g :

South array thruster * 13.9 : 153 2
(hybrid) P.cC. 6 ‘

East panel thruster % 17.5 153 1
P.C. 9

West panel thruster 17.5 153 3
P.C. 9

HVSA 0 : 0

SAOM 14 ‘ _ ' : : 1.5 (max 11.0)

Array structure 72 0

Body-mounted cells : 7.6 0

Ni-N9 battery 14 20 &

Ag~Zn battery 20 20 4

IV + transmitter 25.8 143

TT&C 36 : ' 27

Power system 50 27

Thermal control 45 _ 0

Balance weight 10 0

TOTAL WEIGHT 728.2

WEIGHT CONTINGENCY 58.8

1 150 watts from 70 volt bus - 3 watts from 28 volt bus

2 123 watts from HVSA, 30 watts from 28 volt bus

3 Powered by NiH, battery

4 Charging power

¥ These devices must share use of 70 volt bus
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4,0 SUBSYSTEM DESIGN

4.1 Body Cells and Solar Array

SERT D power requirements differ during the mission life. The
initial requirement 1s for power during the transfer orbit. This
power will be supplied by body-mounted cells in combination with
spacecraft batteries. Once synchronous orbit is achieved, an
extendible array will be deployed from the north and south faces of
the spacecraft. This array will supply power for the experiments
and housekeeping functions and will be continuously oriented facing
the Sun. The extendible array is similar in many respects to the
CTS array (Fig. 4.1.1). It ﬁas selected for the following reasons:
(1) The CTS array will be thermally qualified for synchronous
orbit in time for SERT D, which is important because lightweight
array blankets can reach temperatures. as low as -220°C in
synchronous orbit during eclipse as compared to approximately -125°C
for rigid panel arrays, (2) A pressu;e plate is extended ahead of
the array to act as a spreader bar and will serve as a platform
for the array mounted thrusters, propellant and power conditioniné

electronics.

Body-Mounted Cells - The body-mounted cells must supply approxi-

mately 80 watts of power during the transfer orbit phase of the
mission, The spacecraft is spinning at 60 rpm and the spin axis

may be tilted as much as 30 degrees from the normal to the
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spacecraft/sun line. To minimize thq area of the array required,
it is proposed to use new high efficiency (13% versus 10% for
standard cells) violet'solar cells, ;With these assﬁmptions, the
total area required to supply 80 watts is approximately 23 square

feet or 5.7 square feet per face of the spacecraft.

Extendible Array - The power requirements for the extendible array

are 160 to 165 watts EOL (regulated to 29 volts) for housekeeping
functions and approximately 150 watts EOL (unregulated 70 + 20
volts) for experiments. It is proposed that the housekeeping array
be the north blanket and the experiments array be the south blanket.
The two blanket will be identical in size and consist of eleven
active panels, or panels with solar cells, and three blank panels,
or uncelled panels, for a total of fourteen panels. The blank
panels are required to prevent solar cell shadowing under certain
spacecraft attitude conditions. Each ‘panel is approximatély 10
inches long by 52 inches wide. The size of each blanket will then
be 140 inches long by 52 inches wide. FEP teflon encapsulation
solar cell blankets will be used for portions of the at;ay. The
following potentiﬁl experiments will be considered contingent on
the available weight margin.
(1) Experiments designed to separate the different types of
degradation in synchronous orbit, e.g., UV, electrons, protons,

solar flares. These experiments would require approximately

60 solar cells.
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(3)
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Experiments des;gned to evaluate improvements in silicon

solar cells, e.g., back surface field, soluble layer AR
coatings matched with FEP covers, shallow junctions, wrap-
around contacts; These experiments would require approximately
20 solar cells.

Experimental modules identical to those used on the main array
and instrumented to correlate their degradations to the predict
degradation of the main array. These experiments would require

27 solar cells.
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Rendezvous Radar

Microwave Rendezvous Radar Subsystem (MRRS) ~ In order to provide the

capability for rendezvous maneuvers with other synchronous satellites
by the SERT D spacecraft, an accurate terminal guidance radar system
is desirable. Precise knowledge of the relative position between
two spacecraft performing a rendezvous maneuver is difficult and
often impractical to obtain from ground based radars, and there-
fore an accurate radar located onboard the spacecraft may be
required, The MRRS that is being evaluated for SERT D is a follow
on modification of the existing RCA Apollo I LM X-band Rendezvous
Radar system. -

In the Apollo application, the Rendezvous Radar was located

in the Lunar Module (LM) and a compdnion transponder system was

located in the "target wvehicle" Command Service Module (CSM).

The system operated as a cooperative mode-active system, where the
radar "acquires" its associated Transponder at distances as great
as 400 nautical miles and thereafter tracks it cooperatively in
range, velocity, and angle,

The updated version pfesently being developed and proposed is
a straightforward evolution of the space qualified IM repndezvous
radar sensor, adding circuits to allow noncooperative operation
and modernizing some of the technology, permitting both weight and
serviceability improvements. MSI and hybrid circuit techniques

have been incorporated toward these improvements.
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Apollo Radar System Modificatioms - The modifications required to

provide the LM radar the capability to track either a noncooperativé
or a cooperative target are sﬁown in the system block diagram,
Figure 4.2.1. The system characteristics are summarized in Table
4.2.1. Briefly, the modifications shown in the crosshatched area 1
of Figure 4.2.1 consist of adding a high poﬁer transmitter, which is
seletted for tracking a noncooperative target. To accommodate
transmitting and receiving on a single antenna at the same
frequency, the transmitter is gated at a 40/60 duty cycle and the
receiver on a 60/40 duty cycle.

The RF switch, PRF gates, and Paramps are added in the
antenna assembly as shown in area 2 of Figure 4.2.1 and the dish
increased to 3-ft diameter. The Electric Assembly modifications
for the noncooperative mode in crosshatched areas 3 and 4 of
Figure &.2.1 consists of providing: (1) A noncoherent AFC loop
shown as a "Freq Disc/Ampl Filter" which parallels the "Bal Mod"
that is used in the cooperative mode; and (2) The noncoherent
range tone demodulation shown as a ''Comb Filter and Freq
Discriminator' which parallels the "Buffer Goberent Devecto® that

is used in the cooperative mode.

FParameter Approaches and Tradeoffs - Various approaches to a

rendezvous sensor conducted over a period of several years by RCA

included the consideration of pulsed, cw, and high prf pulse doppler



i 69

types of radar. Frequency agility and pulse compression techniques
were also included in the trade-off studies for an optimized micro-
wave rendezvous sensor. The system approach that has been selected
by RCA for noncooperative target detedtion and tracking as a follow-
on for the Space Shuttle/Orbiter Program and that would also be
applicable to the SERT D is the high duty cycle pulsed doppler mode
of operation.

The parameters for the noncooperative mode can be met with
several distinct system variants. A matrix of the various
implementation approaches is contained in Table 4.2.2 where the
effect on physical parameters -- weight, size, and power consumption
can be related. Variables are probability of detection (90 or 99
percent), noise figure, transmitter power, the use of frequency

diversity, or smaller aperture antennas.

Radar Trapsmitter - The transmitter for pulsed doppler operation is

a traveliﬁg wave amplifier. The power level would be as shown in
Table 4.2.2 for the parameter trade-offs chosen. The transmitter
would be housed on the gimbal-mounted portion of the antenna
assembly to avoid using rotary joints. The amplifiex is wide band,
supporting the diversity range of the frequency agile transmissions.
Tube development would not be required since available designs
exist covering the range of power levels considered in the trade-

offs of Table 4.2.2.
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Antenna Assembly - The Rendezvous Radar Assembly includes an antenna

reflector, antenna feed, monopulse comparator, gimballing elements,
and internally mounted components such as gyros, resolvers, LO/coop
transmitter frequency source, phase médulator and mixer preamplifiers.

The antenna is a four-horn amplitude comparison monopﬁlse type.
A Cassegrainian configuration is utilized to minimize the total
depth and to allow the radiating horns to protrude through the dish.
Circular Qolarization is used to minimize the signal variationmns
resulting from attitude changes of the linearly polarized transponder
antenna. Components are distributed on the antenna to achieve
balance about each axis.

Rate-inteprating gyros are uged for line-of-sight space
stabilization and line-of-sight angle rate measurement. These are
located in the lower section of the trunnion axis to act as a
counterweight. A two-speed resolver is mounted on each axis for

high accuracy angle-data pickoff for the computer and for displays.

Radar Receiver - The receiver is a highly stable three-channel,

triple-conversion superhetrodyne. Two channels are used for
amplifying the shaft and trunnion axis error signals and omne
channel is provided to amplify the sum or reference signal. The
receiver also includes phase sensitive detectors for generating

angle error signals, an Automatic Gain Control (AGC) circuit for
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controlling the gain of the three receiver channels, an IF
distribution amplifier unit for supplying reference channel signal
to range and frequency trackers, and a local oscillator mixer for

generating the second local oscillator signal.

Physical Characteristics - As indicated previously, the rendezvous

radar system will consist basically of an antenna assembly and an
electronics assembly. There are a series of trade-offs involved,
and the resulting impact of different detection probabilities,
noigse figures, transmitter power, the use of frequency diversity,
and smaller aperture antennas that are tabulated in Table 4.2.2
to show the effect on system weight and power. Of the two system
noise figures shown, the 3 dB figure can be obtained today by the

use of paramps, and the 4 dB figure is predicted for the field

effects transistor (FET) in the X-band (9800 MHz) frequency region
within two years.

It should élso be noted that the:RF power requirements differ
for 90 percent and 99 percent probability of detection by only 1 to
2 dB, and therefore a radar with a 90 percent probability of
detection at 30 n.m. will achieve a 99 percent probability prior

'
to reaching a range of 25 n.m. Table 4.2.2 also shows a comparison
of 90 percent and 99 percent probability, with and without frequency
diversity, and three (3) and two (2) foot diameter antennas, with
the resultant overall system weight and system input power

requirements.
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Radar Interfaces

A. Input Power
1. 28 V de
2. Gyro excitation 115 V 400 H=z
3. Resolver excitation 28 V 800 Hz

4, Antenna assembly designate signal - two axis sine/cosine

resolver
B. Outputs Format
Range Digital, 15 bit serial
Range Rate Digital PRF
Angle One and sixteen speed sine and cosine,
resolver outputs at 800 Hz
Angle Rate Analog, DC voltage

Environmental - There are no environmental limitations on the

proposed equipments. The system design as presented by RCA for
the Shuttle Orbiter Program, and as proposed for SERT D, is

based on the Apollo Rendezvous Radar system that was designed for
deep space environment; 1.e., Saturn 5 Launch and bodst vibration,
lunar temperature extremes of +270°F and -300°F, and deep space
pressures. The antenna is designed for radiation cooling with no

active cooling; the electronics assembly is designed for cold rail

mounting and cooling.
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Summary - The proposed radar aystem does not require any development

items. Available fWT designs exist. Twenty-eight (28) systems

were built, tested and qualified for the Apollo requirements and

environment. Thus many of the proposed modifications to the system
!

for the Shuttle Orbiter are for updating and improving the system

weight, power requirements, and performance.
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TABLE 4,2,1 - SUMMARY OF MICROWAVE RENDEZVOUS
RADAR CHARACTERISTICS

Characteristic

Frequency

Radar type
Maximum range
Minimum range
Method of ranging

Duty cycle

Pt ransmit
RF source

Antenna data

Antenna reflector
Antenna feed
Antenna subreflector
Antenna gain
Antenna beam width
Coverage

Angle data

Angular accuracy

Angular rate

Range data
Range accuracy

Range rate
Weight
Power

Noncooperative long range

X-band

High PRF pulse doppler

30-mi on 1 sq meter w/o F.D. *
100 ft |

Phase comparison of transmitted and
received tone modulation

40/60
See Table4.2.2

Solid state source driving travel-
ing wave amplifier

3-ft paraboloid

4-horn amplitude monopulse
Cassegrainian

37 dB, min

2.3 deg

+90° each axis

Bias = 8 mr (per axis)

Random (3 0) =4 mr 5 <R < 400 n mi
10mratR<2nmi

Maintain track for base input rates of

10° per sec about each axis simultaneously

Bias = 0.1% at R > 50.8 n mi +120 ft at
R <50.8 n mi. Random (3 0) = 0.25%
at R > 5 n mi

+4900 ft/sec

See Table 4.2.2

See Table 4.2.2



TABLE 4.2,2 - SYSTEM PARAMETER TRADE-OFFS

Radar  Target Range, . AA NF, Frequency Prob. of RF System System
config. size, n mi diam, dB diversity det., power weight, power,
m2 ft percent 1b W
1 15 30 3 3 No 99 5.4 78.5 125
2 3 3 No 90 4.1 78.5 120
3 3 3 Yes 99 1.0 80.0 110
4 3 3 Yes 90 0.6 80.0 110
5 3 4 No 99 6.1 77.0 120
6 3 4 No 90 4.6 77.0 123
7 3 4 Yes 99 1.1 78.5 111
8 3 4 Yes 90 0.67 78.5 108
9 2 3 No 99 27.0 79.5 168
10 2 3 No 90 20.5 79.5 150
11 2 3 Yes 99 5.0 77.0 130
12 2 3 Yes 90 3.0 77.0 120
13 2 4 No 99 34.0 78.0 185
14 2 4 No 90 26 78.0 165
15 2 4 Yes 99 6.3 75.5 126
16 2 4 Yes 90 3.8 75.5 123

L
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Inspection Television

L

Ground Commanded Television Agsembly (GCTA) - The GCTA is a color

television system designed (by RCA, Astro Electronics Division)

to operate on the lunar surface. The camera system can be operated
manually (by astronaut) or by remote commands from earth. The
assembly consists of a color television camera and a television
control unit. The television control unit permits ground-
commanded positioning and operation of the camera. The GCTA is
illustrated in Figure 4.3.1. A dimensional view of the GCTA
configuration mounted on the lunar rover vehicle is shown in

Figure 4.3.2.

Color Television Camera (CTV) - The CIV is a small, lightweight

unit ﬁroducing high quality, field sequential color television at
standard line and frame rates. A simple conversion to black and
white television operation can be accomplished by removing the
rotating filter wheel which present1§ generates the field
sequential color video. The camera uses a single silicon intensifier
rarget (SIT) tube. A zoom lens is incorporated in the CIV with
provisions for manual and remote control of zoom and iris settings.
Automatic light control (ALC) operating on averége or peak scene
luminescence also is incorporated. ALC may be selected manually
or by remote control. The television camera is approximately 18

inches long, 6.5 inches wide, 4 inches high and weighs 12.8 pounds.
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The lens assembly houses a £/2.2 Angenieux lens with a zoom ratio
of 6:1. Both zoom and iris may be manually or remotely controlled
by electric drives in the lens assembly.

The camera body contains the SIT tube, color wheel assembly
(to be removed for B&W operation) and all synchronization,
deflection and video components required to provide a standard
525-line composite video format at the camera output. The SIT tube
has a high sensitivity and a relative immunity to image burn.
With the exception of the lens opening and a thermal radiator
covering the top of the camera, the entire camera is cﬁvered with
thermal insulation blanketing. The thermal radiator is constructed
of second-surface mirrors.

The performance summary of the television camera is given in

Table 4.3.1.

Television Control Unit (TCU) - The TCU provides an azimuth/
elevation mount for the television camera. The TCU receives a
command subcarrier (70 KHz) from the spacecraft receiver (probably
the command receiver on SERT D), and executes commands for:
azimuth and elevation movement of the camera cradle; camera lens
zoom, iris, automatic light control and power functions. The TCU
accepts the video signal, adds a test signal (to check the gystem
bandwidth and linearity), and routes the combined video to the FM

transmitter for transmission to earth.
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The TCU azimuth/elevation pedestal allows the television
camera to pan 214 degrees to the right and 134 degrees to the
left of forwarxd and to tilt -45 to 485 degrees from horizontal.
Geared stepping-moteér drites are used. The power requirements of
the TCU are asz follows:

TCU 5 watts @ 29 *4 VDG

Motors 2 watts/motor (intermittent)

Four motors are incorporated into the TV system and may be used
simultaneously.

The TCU electronics box receives a 70 kilohertz subcarrier
from the command receiver and decodes 18 real-time commands for
execut;on (Table 4.3.2). Motor drivers for control of camera
azimuth, elevation, zoom and iris; and relay drivers for camera
power and automatic light control are also in the TCU, Camera
video is routed to the TCU where a vertical interval test signal
is generated and added prior to transmission to earth by the
television transmitter.

The TCU is partially covered with thermal insulation
blanketing. The unblanketed surfaces are covered by second-
surface mirrors or white and black paint, as illustrated in

Figure 4.3.3.

Ground Command Format - The uplink command signal from the command

receiver to the TCU is a 70-KHz subcarrier frequency modulated by
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a composite command signal. The composite comménd signal consists
of the linear sum of a 2-KHz message subéarrier and a 1;KHz coherent
synchroniéation tone. The messége subcarrier and the synchronization
tone have equal carrier frequency deviation. Total peak'deviation
is *5-KHz,

Digital command information is carried by the 2-KHz.messaée
subcarrier and is phase-shift keyed (PSK) at a rate eXactly one-half
the rate of the subcarrier frequency. The message subcarrier is
modulated by a train of binary "ones" and “zeros" (referred to as
sub-bits) at a rate of 1000 per second. The train is in two-level,
non-return-to~zero (NRZ) binary code:

A sub-bit "1" is present when the 1-KHz synchronization tone -
and the 2-KHZ PSK tone are in phase at the start of a sub-bit
interval. When the 2-KHz tone is 180 degrees out of phase with the
1-KHz tone at the start of the sub-bit interval, a sub-bit "b" is
present,

Real-time command message structure consists of three vehicle
address info-bits (using wvehicle addfess sub-bit codes) followed
by three system address info-bits and six data info-bits (using
system/data sub~bit codes). The sequence 1s as follows:

VEHICLE  SYSTEM FUNCTION
ADDRESS  ADDRESS CODE

INFORMATION BIT NO, 123 45 6 78 910 11 12
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The vehicle address (information bits i, 2 and 3) is fixed
as binary 0, 1, 1 (Octal 3). The system addresé (information
bits 4, 5, aﬁd 6) is fixed as binary 0, 1, 0 (Octal 2).
The GCTA commands and their codes are given in Tables 4.3.2
and 4.3.3.

FM Transmitter (TV) - Preliminary downlink calculations indicate

that approximately 15 watts of RF (@ 2 GHz) will be required for
satisfactory reception of the downlink television signal, This
power requirement assumes the following:

(a) a 100°K receiver (ground)

(b} a 15 ft. dish (ground)

(c) a 2 ft. dish (spacecraft)

A spacecraft transmitter modulation index of 2 is planned for
the FM transmitter. The transmitterivideo input signal bandwidth
is assumed to be 2.5 MHz, which is the bandwidth utilized by the
Apollo TV gystem.

A candidate transmitter is the unit used on the Apollo project.

The following are some of its characteristics:

WEIGHT 3 1lbs
SIZE 7” e 7" x zll

FREQUENCY 2.2 GHz
All solid state components

The unit can be upgraded to 15 watts (125 watts input power)

without any problems,
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Antenna (Spacecraft) - It is anticipated that the antenna used to

transmit the spacecraft teleﬁetry'can be utilized for transmission
of the television signal. To accomplish this, a diplexer will be
necessgary to combine the v and.TLM transmitter powers into a
single antenna feed. A 2 fr. diameter spécecraft antenna is

presently anticipated,

Downlink Calculation (2 GHz) ~ A downlink calculation is presented

on Table 4.3.4. A transmitter output power of 15 watts at 2 GHz
produces a very good quality television picture proﬁided that:
(a) a 2 foot spacecraft dish is utilized
(b) a cooled parametric amplifier is used at the ground
station (100°K)
(¢c) a 15 ft. dish ground antenna is used (in conjunction
with (b))
(d) a modulation index of 2 is used on the spacecraft
transmitter |
(e) video baseband bandwidth is 2.5 MHz
(Note: It is presently assumed that the 2 GHz télemetry frequency

will be available for this purpose.)

GCTA Performance - The typical television field-of-view and

resolution for terminal rendezvous, initial inspection, and
final inspection of a target spacecraft from the proposed GCTA

is shown in Figure 4.3.4
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TABLE 4.3.1 - CTV PERFORMANCE SUMMARY

PARAMETER CHARACTERISTIC

Sensor SIT camera tube

Sensitivity Greater than 32 dB signal-to-noise

at 3 foot-lamberts

Resolution 80 pefcent response at 200 TV lines
ALC Dynamic Range 1000 to 1 (minimum)

Non=-linearity 3 percent (maximum)

Gray Scale 10 -12 steps

Video Output Level 1.0 volts p-p into 75 ohms

Full EIA sync

ALC Peak or average detection modes
Optics |

Zoom Ratio 6:1

Iris Control £/2.2 to £/22

Pan Angle +214

-134 | degrees from front
Tilt Angle +85
: : =45 degrees from horizontal

Power | _ : 14.8 watts @ 28 volts input

Weight 12.8 pounds
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TABLE 4.3.2 = GCTA REMOTE CONTROL (GROUND) COMMANDS

COMMAND

PAN RIGHT
PAN LEFT
PAN STOP
TILT UP
TILT DOWN
TILT STOP

ZOOM IN

ZOOM ouT
Z0Q0M STOP

IRIS OPEN

IRIS CLOSE
IRIS STOP

ALC PEAK

ALC AVERAGE

POWER ON

POWER OFF

S/C ON

S/C OFF

FUNCTION

Pan right.at_3.03 degrees per second,
Pan left at 3.03 degrees per secﬁnd.
Stop pan.

Tilt up at 3.12 degrees per second.
Tilt down at 3.12 degrees per second.
Sfop tile. |

Increase focal length. Full range covered in 14.6
seconds maximum. '

Decrease focal length.
Hold existing focal length.

Decrease f/number. Full range covered in 13.1
seconds maximum.

Increase f/number.
Hold existing f/number.

Change CTV circuit connections to provide
peak level light control.

Change CTV circuit connectioms to provide
average level light control.

Power camera, enable LCRU FM Transmitter,
commands S/C ON.

Turn camera OFF, disable LCRU FM Transmitter
when in IV mode,

‘Enable LCRU voice subcarrier (S/C).

Disable LCRU voice subcarrier (S/C).



TABLE 4.3.3 - GCTA COMMAND FUNCTION CODES

COMMAND FUNCTION OCTAL ‘CODE BINARY CODE
Vehicle System Function (Bits 7-12)
Address Address

PAN RIGHT 3 2 04 000100
PAN LEFT 3 2 01 000001
PAN STOP 3 2 02 000010
TILT UP 3 2 14 001100
TILT DOWN 3 2 11 001001
TILT STOP 3 2. 12 001010
ZOOM OUT 3 2 2 010100
ZOOM IN 3 2 21 , 010001
ZOOM STOP 3 2 2 010010
IRIS OPEN 3 2 é EYR 011100
IRIS CLOSE a3 2 31 011001
IRIS STOP 3 2 32 011010
ALC PEAK 3 2 44 100100
ALC AVERAGE 3 2 41 100001
POWER ON 3 2 54 101100
POWER OFF 3 2 52 101010
$/C ON | 3 2 64 110100

S/C OFF 3 2 62 110010



TABLE 4.3.4 - 2 GHz DOWNLINK CALCULATIONS
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Transmitter Power i ..+ 12 dBW (15W)

Transmitter RF Loss . - 0.5 dB
5/C Antenna Gain (2 fr., 0 = 17°) 4+ 21 4B
Tr. Ant. Poiﬁt’Error ' 0 dB
Propagatien Loss | - 191 4B
Pointing Loss to 37°N. Latitude - 0.4 dB
Atmospheric Atten, ' 0 4B
Receiver Ant. Gain | o+ 37 a8
Receiver R¥ Loss - 0.5 dB

RECEIVED CARRIER POWER

122.4 dBW

K - 228.6 dBW/°KHz
Receiver Temperature (100°K) ' 20 dB °K
Bandwidth (15 MHz)* _ : ' 71.8 dB Hxz
RECEIVED NOISE POWER - 136.8 d4dBW
Carrier/Noise _ ' 14.4 dB
FM Improvement (m = 2) 21 dB
Pre-emphasis Improvement : 3 dB
Noise Weighting (CCIR) 10.2 dB
S/N, PD-PK, WEIGHTED ' 48.6 dB

_ Very good quélity TV picture
*BWfB = 2.5 MHz (baseband of GCTA) '
BW

FM

=2 fm (m+ 1) =2x 2.5 (2 +1) =15 Miz
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Figure 4.3,3 - GCTA Thermal Con

trol



TELEVISION FIELD-OF-VIEW AND RESOLUTION

SUBSYSTEM CHARACTERISTICS ~ TERMINAL RENDEZVOUS INITIAL INSPECTION

RANGE 10,000 FT RANGE: 1,000 FT, FOV: 250F1
RESOLUTION: POINT SOURCE  RESOLUTION: YFT

e TYPE: RCA QTV-9

— e
60 FRAMES/SEC K’S'TARFIELD_ /’/’J‘
BLACK & WHITE T IPAYL D . !
SPACE QUAL ; / T 5?%_ OAD : _

s FOV ANGLE: 14.5 DEG T ' . N

o

s FOCAL LENGTH: 50 MM 4 ¢ ; ' ]

e MOUNT: 2=-AX1S GIMBAL 1 g R

* QTY: 1 CAMERA 1¢ 1

. ILLUMINATIO_N: SUN T _ 1

FINAL INSPECTION

RANGE: 200 FT, FOV:- 50 FT
RESOLUTION: 3 INCHES

Figure 4.3.4 - Television Field-of-View and Rgsoiution
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4.4

Attitude Control o
: -
Purpose - The purpese of the attitude control systém oncthe SERT D
spacecraft is to ﬁrovide for the initial acquisition of the onfo;bit
orientafion, for maintainipg the-spétecraft in its specified on-orbit
orientation within desired tolerances, to proﬁide a'test'béd with_
which to demdnstrate the capability of the ion thrusters to perform
in an accgrate attitude control and statioﬁ keeping system, and to
providé.a flight prern attitude control system for futufe use of

the SERT D as a spacecraft bus to which additional systems could be

added.

Disturbance.Environment - The disturbancé torque environment with
which the Attitude Control Systeﬁ (ACS):must contend in synchronous
equatorial orbiﬁ'isigiﬁen in table 4.,4.1, which liéts the predominant
disturbance torquesland their approximate magnitudes. The ACS must
pfoyide 3-axié torques.to counteract ;hese distﬁrbances and to

unload the angular momentum imparted to the spacecraft by the

secular components.

Svstém.Descriptidn - A geﬁeralized block.diagram of.the attitude
coﬁtrol and station keeping system is shpﬁﬁ in.figﬁre 4.4.1. Primary
attitude-cdntrol tordues are provided by thrée reaction wheels, one
acting about each spacecraft principal axis. The 8-cm ion thrusters

are used to unlcoad the reaction wheels periodically. One thruster
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each is located on the east and west sides of the spacecraft center
body. The other twojthrusfers are iocatéd on the tips of thé

north and south:paﬁelﬁ. Each thruster has the capability of
deflecting ifs.tﬁrust vector + 10 degréés in.two.perpendicular

axes. The thrust vector for zero deflection is oriented through

‘the spacecraft centet of mass. The array-mounted thrusters will be

used to provide N-S station keeping; and to provide torques to
unload the roll and yaw reaction wheels. ~The body mountéd thrusters
will be used to provide E-W sfation.keePing; to provide a torque to
unload the pitch reaction wheel; and Qili be used for ion thfuster
life testing. The E<W thrusters will also be used to station wélk.
the spacecraft. The body.mounted thrusfers also provide a backup
yaw torque, although of much smaller magnitude than that of the
array-mounted thrusters.

East-west station keeping may also be accomplished with an
array-mounted thruster by off settiﬁg'the spacecraft about the yaw
axis_through geveral degrees for a portion of the orbit.period.
North-south station keeping may be accomplished.with both body
mounted thrusters deflected north or south. Attitude error sensing
is provided by a twoféxis earth sensor located én.the earth-facing
sidé of the center body, a two-agis sﬁﬁ sensor i0cated on the solar
array rooﬁ, and a single axis integrating gyro in the center body.
The earth sensor prbvides error signals about'the-roll and pitch

axes. The sun sensor provides the yaw error over a large portion
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of the orbi;; and the integrating gyro, which has its input axis
aligned with the yéw axis, “£i1ls in" for the sun sensor for those
periods when the sun sensor.does not‘provide vaw error with
sufficient accuracy. The rate gyro package is used in conjunctibn
with the sun sensor during initial dttitude acquisition.

The attitude control system electronics aécepts the various
attitude error signals, performs the required compensation and
amplification, and provides control signals to the reaction wheels.
It alsc performs the necessary calculations to transform the éun
sensor outputs inte a yaw error signal,

Station keeping and wheel unloading are of sufficiently low,
duty cycle that it seems desirable to command these operations from
thé ground. .Table 4.4.2 shows a weight breakdown of the attitude

control system.

System Operation - The acttitude control system will be required to
oﬁerate in several modes during Ehe{various mission phases. These
are:

1. Transfer Orbit

2. Atritude Acquisition ' : .

3. Normal On-Orbit

4. BStation Keeping

5. Momentum-Dumping

6. Eclipse
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7. Station Walking
8. Target Spacecraft Rendezvous andllnspectioﬁ
9. Reacquisition

10.- Backup
Transfer Orbit

Dﬁring this phadse the spacecraft spin axis orientation is
determined and the spin axis is precessed into the proper Apogee
Motor Firing Attitude (AMFA). This phase is described in more

detail in the "Mission Profile" section.
Attitude Acquisition Phase

As soon as possible following apogee injection, the spinning
spacecraft will be precessed so that the spin axis (yaw axis) is
oriented toward the sun. The spacecéaft-will.be despun using the
hydrazine despin thrusters and rate gyro package to about 2.RPM
(12 degrees per secoﬁd), or a value in this range at which the
arrays can be safely deployed, and thét maintains sufficient
angular momentum to insure spacecraft stability. The arrays will
then be deployed, and the active side oriented toward the sun. A
period of coast time will be provided for battery rgcharging,
prior fo completing the acquisition phase.

At the completion of the coast'periods,'the residual yaﬁ rate

will be nulled, and two-axis attitude control initiated using the
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sun sensor mounted on the array. At the proper time in the orbit,
a search for the earth will be initiéfed by intréducing a
programed rotatién ﬁf thé center body relative to the solar array,
and if required, a rotation about the sunline. When the earth is
acquired by the earth sensor, two axis earth control will be
initiatedi fhe_yaw offaset (up to 23.5 degregs, depending upon
time of year% will then be nulled using the sun sensor, and solar
array stepping will begin.

At this time, the spacecraft will be stabilized in its final
orientation about all three axes, with control tqrqués provided by
the hydrazine thrusters in an on-of& fashion. The array drive will

then be initiated, allowing the array to track the sun. Finally,

prime control will be switched to the reaction wheels.
Normal On-Orbit Phase

During the normal on-orbit phase, the séacecraft is controlled
by the reaction wheels which respond to attitude error signals
generated by the roll, pitch and yaw sensors. Because the wheels
are proportional devices, the control loop is a proportibnal one,
as opposed to a deadband control loop associated with thrusters used
directly as actuators. The ptOpoftional control produces better
overall control accuracy. The overall control accuracy should be
only slightly worse than the sensor accuracy, becaﬁse the sensor

now represents the predominant error source in the loop.



96

‘A two-axis sun sensor, mounted on the root of one solar array
panel, provides good error signals and hence precise yaw information
when the satellite is located at the "dawnﬁ and "dusk"” éoinﬁs in
the orbit. The error signals degrade as the noon and midnight
orbit positions are approached. The yaw information can bé
extracted from the sun sensor data by calculation, knowing the
orbit parameters and sun righf ascension and declination. As noted,
the magnitude and accuracy of the yaw error signals obtained are
dependent upon the spacecraft location in its orbit, and.fbr some
period of time, twice each orbit, will decrease to the point'where-
the error signals may no longer be usable for attitude conﬁfol.
At some point prior to this time, therefore,_the sun sensor
information will be used to update the gyro, which has its input
axis oriented parallel to the yaw axis. 'The-gyro will then prévide
yaw information for attitude control.purposes until the error
signal from the sun sensor has returned to a usable value. |
Depending upon the allowable yaw error.tolerance and the sun
declination, it may be possible to avoid using the gyro entirely for
significant portions of the year, which means that under these
circumstances it could be turned off, théreby incréasing confidence

in its ability to operate for the entire mission,
Station Keeping Operation

The station keeping operations will be accomplished by
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5

operating the 8§-cm ion thrusters on aaperiodic basis to provide
translational impulses to the épacecréft as previously described.
Attitude control system operation during this mode can be
accomplished by using either the reaction wheels or the 8 cm thrusters
as the primary atfithde actuators, Because tﬁe ion thrusters are
located om the ends of relatively flexible arrays, there exists the
possibility of a misalignment of the éhrust vector from the space-
craft center of mass of more or less arbitrary maghitude and
direction. This misalignment will produce a step disturbance torque
which will affect the spacecraft atti&ude, preducing a transient
which must be compensated by the wheels to saturate quicker, in the
worst case, and result in earlier initiation of the momentum-
dumping node.

If, on the other hand, the ion thrusters are used as the
primary actuators in the control loops during station keeping; the
misalignments would be automatically nulled whenever the stétion
keeping operation were initiated. Because the time required to
deflect the thruster beam and the acceleration due to the thguster
are both small, ;he attitude transient resulting from the switch
over should be of émall magnitudé. The latter method, therefore,
appears to be the best one. However, a detailed apnalysis must be
made taking into consideration. such things as attitude transient
characteristics, settling times, and.ovérall stability before a

final decision can be made.
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Momentuﬁ Dumping Operat{On

Wi;h the attitude disturbance t&fques shown in table #%.4.1,
wheel unloading about the roll and ygw axes would be required once
each day for about 4 minutes. There‘is no requirement.to perform
- the unloading at any specific point in the orbit, and therefbre,
it could in general be coordinated with the station keeping
operation. Pitch unloading will be performed daily. The fime
required will be abouf 10 minutes bécausé'of the sméller momen t
arm.

Wheel unloading is accomplished by decelerating the reaction
wheel until its speed is zéro. The deceleration produces a torque
on the spacecraft which must be compensated by the appfobriate 8-
cm thruster. In addition, torque must be provided either by the

; :
reaction wheel or by the fon thruster to nqll the ambient
disturbance torgque during dumping. Iﬁ ofder to minimize the
dumping time, the ion thruster will be operating at or near its
maximum angular deflection throughout the dumping operation which
would leave little torque margin for this létter purpose. It
therefore appears that use of the reaction wheel as the p;imary
control actuator during wheel unloading is_the best procedure.
However, a detailed analysis of the operation again is required

prior to making a final decision.-
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Eclipse Operation

During the periods of eclipse, the attitude control sysfem
will obtain pitch ahd roll reference from earth sensors in the
normal mode. Yaw.sensing will.be provided by gyro since the sun
sensors will be inoperative. Station keeping or momentum dumping
cannot be performed during eclipses because thruster power is not
available, For those cases in which station keeping impulses would
be desirable during én eclipse, the procedure will_bé modified so
that the operation is accomplished with a single impulse which

occurs in sunlight,
Station Walking

During the station.walkiﬁg opergtion, the attitude control
system operates as in the station keéping mode, the:main difference
being that the 8 cm thruster operates éontinuously. The operating
body-mounted thruster will provide primary control torques about
pitch and yaw, and the roll reaction’ﬁheel provides a control
torque about roll. Siﬁce'very little beam deflection (less than
1 degree) is generally required for attitude control, the effect on
station walking of using the thruster for attitude control will be
very small, The_roll':eactiﬁn wheel is dumped‘by one of the array

mounted thrusters.
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Target Spacecraft Rendezvous and Inspection

This phase ig initiated when the SERT D and a target space-
craft'aré sufficien;ly close that thé on-board target sensing
system (or systems) can locate the target. Depgnding on the overall
field of.view of the system, it may be necessary to switch to an
attitude éontrol mode which ﬁtiliies error signals from the targét
sensor as inputs to the control system in orderlto stay "locked on"
the target. The target sensor would provide erroré in tﬁo.axes,
while the third would be derived from either the sun.senspr or
earth sensor, or a combination of these. Furthermore, for the
terminal "close in'" maneuvers, it may be desirable or necessary to
Ireactivate-the high-thrust hydrazine system. This phase represents
an area in which.a detailed study must be performed before any
conclusions can be made as to the ;Est and most feasible ope;ational
procedure, It is obvious; however, that a cbntrol system

configuration and operational mode is required here which is more

complex than any of the others.
Reacquisition

Reacquisition of spacecraft attitude will be required in the
event of loss of spacecraft orientation due to a malfunction or
other unpredictable occurrence. The épacecraft condition from

which reacquisition must occur will depend on how much time elapses
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after loss of orientation before reacquisition is begun. In general,
however, the'5pacecraft will be left with an attitude substanially

; .

off normal andleither tumbiing or oscillating with relatively large
rotational velocities. The worst case situation is one in which no
sunlighf falls on the solar arrays and no attitude information is
provided by the sensors. In this case the ion thruster system is
inoperative and the reaction wheels must be used to null spaceéraft
rates based on information from the rate gyro package. With the
rates nuliéd, a search for the sun can be initiated. Once the sun
is found, the array mounted sun sensor can be used for two axis
atfitude control. A period of recharging batteries'and‘removing
stored angular mdmgntum would be initiated, since the ion thrusters
would then be available. At the proper time in the orbit, a search
for the earth wili be initiated by_infroducing a programmed
rotation of the center body relative to the solar array, and if
required, ‘a rotation about the sunliné.' When the eatth iz acquired
by the earth sensor, two aﬁis.earth control will be initiated. The
yaw offset (up to 23.5 degrees, depending upon time of year) will
then be nulled using the sun sensor, and solar array stepping will
begin,

As the risk of attitude loss is probably greatest after
eclipse, when battery power is low, a detailed analysis of this
mode is required. An assessment qf thé'necessity for a chemical

propulsion system backup for this mode must also be made.
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Backup Mode

The backup mode represents any control system-reéonfiggration
which is made to compensate for failure of a component. Without
giving any considgration to redundancy of components, which must
awalt a detailed trade off of required reliability vs allowable.
cost and weight penalties, it should be noted that the spacecraft
configuration provides some inherént backups. If sufficient
propellant were included, either array thruster is capable pf '
performing all the station keeping maneuvers, as well as roll and
yaw dumping; The body mounted thrusters provide redundant pﬁimary
pitch wheel dumping torques and also provide backup torques for
yaw wheel dumping. North-south as well as east-west station
keeping can be done by the body mounted.thrusters and/or_the afréy
mounted thrusters. The hydrazine system can provide backup control
tofques about all three axes, in the event.of reaction wheel failure,
although at the expense of mission time and Attitude aceuracy, as
can the ion thrusters via beam deflection. The sun sensor can
provide backup pitch error information, as well as roll for part
of the orbit. Careful consideration will be given in the deéign of
the attitude control and station keeping system logic and electronics
and also in its interfaces with othér spacectaft systems to making
sure that these backup capabilities can be used in the best

possible fashion.



TABLE 4.4.1 - DISTURBANCE TORQUE

SOURCE ROLL (FT-LB)

SOLAR PRESSURE 7.6x10"%
MAGNETIC 4x10~7
GRAVITY-GRADIENT 5x10~7

PEAK VALUES
PITCH (FT-LB)

' 3.48%1076

9x10~9

103

YAW (FT-LB)

7.6x1076
4x1077 -

5x10™8
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TABLE 4&.4.2 - ATTITUDE CONTROL SYSTEM WEIGHT AND POWER BREAKDOWN

COMPONENT

Spinning Earth Semsors (2)

Spinning Sun Sensor

Coarse Sun Sensor

Earth Sensor (2 - Axis)

Sun Sensor (2 - Axis)
Rate Integrating Gyro
Rate Gyro Package

Reaction Wheels

Attitude Control Electronics
‘Hydrazine Tanks (2)
Hydrazine Propellant

Hydrazine System Hardware
(Thrusters, lines, filters, etc)

Wobble Dampers

TOTAL SYSTEM WI

WT(LB)

3" 7

1,2

0.1

7.2

0.7

3.6

2.5

20.0
12,5
5.8

17.4

22.0

98.2

‘POWER (WATTS)

2.6 Spin
Phase
Only

.3 n

Acquisgition
Only

‘1.6

1.0
45 start
12 run.

13 acquisition

only
23.5 peak
10
12
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o ONoRIT REACTION
EARTH SENSOR T=== > WHEELS
| ] r
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: ON |ORBIT ' ]
FINE SUN SENSOR - ——— -2l _
Ja 8 CM THRUSTERS
S g
YAW GYRO pl— — ONWORBIT __ ._i_ J .
' | , _
b — »| ARRAY DRIVE
COARSE SUN
SENSOR _
ACQUISITION
__________ A
! _ ' !_ — . HYDRAZINE
RATE GYRD PACKAGE _ s THRUSTER
Figure 4.4.1 - Block Diagram of Attitude

Control & Station Keeping System
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4.5 Electric Propulsion

Thruster Description - Each of the 8-cm thrusters and propellant

tanks are identical in design; Figure 4.5.1 is a cutaway of an
8-cm thruster. The two axis, *10°, vectorable'disheg accelefator
grids have an active area 8~cm in diameter and a designrlife of
20,000 hours. The actual diameter of the discharge chaﬁber ancde
is 8.4 cm. Main and neutralizer cathodes are hollow cathodes with
enclosed keeper and have a design identical with previously
developed 5-cm thruster (SIT-5) cathodes. The main flow, all of
ﬁhich passes through the main cathode, is contnﬂled'by a porous
.tungsten vaporizer and electrically insulated by a flow isolator
identical to SIT-5 design. The neutralizer cathode poéitioﬁ and
flow system are also equivalent to SIT-5 desigh.and contain a flow
‘isolator capable of withstanding 100 V,

A single propellant tank for each thruster is loéated at the
side of the thruster to minimize overall thruster system length.
A short thruster léngth facilitates mﬁunting design of a thruster
system on the end of a solar aﬁray-and is necessary for the
proposed SERT D spacecraft design to fit within the launch vehicle
shroud. The propellant tank design uses a flexible diaphragm and
gas pressure to feed propellant as in the SERT II thruster feed
system. The propellant tank is sized for the thruster requiring

the largest propellant mass. When less propellant is loaded for
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other thrusters, a propellant tank.r?tainer sleeve will be used

to control the propellant p%sition during launch. Table 4.5.1

gives weights of thruster, tankage, and proﬁellant for each
thruster. Table 4.5.2 lists presently obtaiﬁed thruster oﬁerating
~conditions.  The values of table 4.3.2 were used to design the

SERT D missian. If performance improvements ére made, the
propellant weight saving ﬁay be off loaded.or retained as propellant

reserves.

Thruster Power Processor Description - The 8-cm ion thruster power

processor is designed to be a self-contained unit consisting of
interface command logic, digital and analog control circuitry, low
and high voltage power supplies, hogsekeeping bias éupplies and
telemetry output circuitry. The processor obtains 150 watts frdm
an unregulated 70 volt solar array bus, and less than 3 watts from
the 28 volt regulated bus. The processor is capable of providing
éull power to the thruster for busgvoltage swings bf 120 volts
from nominal.

The digital interface and control subsystem can rgceivé 16
pafallel bit digital "value words" by means of a serial to parallel
converter. This feature permits a high'levél of ground control
over the thruster subsystem, The_system provides command/control
voltage isolation between the spacecraft common and power processor

common. Isolation is also provided between telemetry output signals
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(referenced to spacecraft ground) and.processor common.

Including appropriate thermal packaging, the érocessor weight
will be 9.0 bounds and will opeiate with an efficieﬁcy of 80
percent. . The alldwed temperature range for nominal operation is
-15° C to +50° C with a baseplate area of 144 square inches.
During eclipse the array mounted processor may reduire five watts.
of standby power to prevent its temperature from dropping below

- -40° C.

Thruster Functions - The nominal 8-cm thruster operating

condition produces a thrust of 1 mlb when corrected for double ions
and beam divergence. The main function of the solar array mounted

thrusters will be to perform N-S station keeping of the SERT D

1
i

spacecraft for 5 years., One north thruster and one south thruster
will fire alternately ohce per day for approximately 1.4 hours.

The south thruster runs off the hybrid power high voltage solar
array. The propellant loading of either north or south thruster

is sufficient to do N-§ station keeping for 5 years; Should

either thruster fail, the remainiﬁg thruster could fire approximately
2.8 hours once per day for half of the day# reméiniﬁg in é 5 year
migsion. Full Hackup redundancy could be obtained by loading extra
propellant into the north.and south thruster tanks at the rate of

1 pound for every year of desired backup redundancy.

Roll and yaw reaction wheel unioading will be performed by
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vectoring the north or south thruster while it is thrusting for
station keeping. This function for 5 years uses 0.4 pound of
the 5.4 pound total propellant loaded for each north and south
thruster. If 1.6 pounds additional propellant were loaded per
thruster, the N-5 thruster could perform a 5 year backup mission
for E-W triéxiality station.keeping. No separate E-W solar
pressure station keeping is needed for the present spacecraft
mass area ratio and station accuracy of 0.05 degree. A list of
various functions to be performed by the thrusters and possible

backup in the event of failure is shown in Table 4.5.3.

Body Mounted Thrusters -~ The spacecraft body mounted thrusters

will fire east and west. The body fmounted thrusters will be used
to perform an accelerated life test of an ion thruster simulating
north or south station keeping for a 1000 pound satellite in
synchronous orbit for 5 years (1826 cycles). During this
experimeﬁt the thruster will be on f;r 1.78 hours and off (tq
cool down) for 1 hour. The calendar time to perform this
experiment is 0.6 years and the thruster will operate for a total
of 3250 hours. This experiment can be combined with a station-
walking experiment.

Additional propellant has been added to the body thrusters
to perform the additional functions below:

1. Dump pitch momentum wheels for 5 years (0.5 pound of

propellant)
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2. Do E-W triaxiality station keeping for 5 years (0.4 pound
of propellént)
3. Perform one later station-walking mission of 180° (1.0

 pound of propellant)

Solar Array Mounted Thrusters - The thruster systeh will be mounted

on a pressufe plate (called palette) used to clamp the folded solar
array in a stowed position during launch. As the solar array
unfolds, the thruster system will be automaticélly deployed with
the array to the position shown in figure 1.3.1

The center of the thruster and its thrust vector_will be
positioned directly over the end of the bi-sfem boom and'ﬁointed
through the spacecraft center of mass. -

The thruster propellant tank will be mounted close to and on
one sidé of the thruster. This position is necessary to reduce
overall thruster length commensurate Qith a spacecraft design
. fitting within the launch wvehicle shrgud. The_proPellaﬁt tank will
be close enough to the thruster that a propellant line valfe will
not be necessary to protect the vaporiéer porous tungsten against
launch-induced propellant line pressure surges.

The power processor also will be mounted on the array palette
on the other side of the thruster. The general shape of the powér
processor will be that of a sqﬁare pancake. Thermal control louvers

will close during eclipse to protect the power processor against
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low temperatures. During normal operation, the power processor is
designed to be sélf-radiation cooled.' Likewise, the thruéter wiil
be designed to self-radiate its waste heat, During eclipse periods,
the thruster and propellant tank have!sufficient thermal mass to
avoid mercury freezing. The neutralizer propellant line would be
the first componént to freeze. In-house tests have indicated a
freezing time constant for an unprotected neutralizer liﬁe to be
ahout eqﬁal to the longest eclipse éeriod, 72 minutes. Therefore,

a small amount of thermal coupling of the neutralizer line to the

thruster system may be employed.



TABLE 4,5,1 - THRUSTER WEIGHTS ANDOPERATING HOURS
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_ North South East West
thruster thr_uster thruster thruster
- (solar _{solar (S/C body- {(8/C body-
array ‘array mounted), | mounted),
mounted), mounted), Ib b
1b 1b
Thruster body 5.1 5.1 5.1 5.1
Propellant tank 1.6 1.6 1.6 1.6
Propellant 5.4 5.4 8.1* 8.1 *
Power processor 9.0 8.0 9.0 9.0
Total weight 21.1 20.1 23.7 . 23.7
Total hours of thrust 26901 26907 4200t 4200
Typical duty cycle, hrs 1.4 1.4 1.78 1.78

*6.2 lbs of propellant used in accelerated life test

Tlncludes 1826 cycles.

Ilncludes 1826 cycles and 3250 hrs for accelerated life test.
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TABLE 4.5.2-MEASURED 1-MLB 8-CM ION THRUSTER
OPERATING CONDITIONS -

(Dished misalinement vector grid) - _ .
- OPERATING VALUE SUBSYSTEM POWER

Thrust”® (ideal), mlb T 1.14
Thrust? (true), mlb : 1.00
Specific impulse, sec 2501
Total input power, W 137.87
Total efficiency, % - 45.5
Power efficiencyi & ©. 63.2
Total utilization] % . 71.9
Discharge utilization, % - TM.4
Total neutral ;10W mA : 100.2
Power/thrust? W/mib. 112
eV/ion excluding keeper, V 300
eV/ion including keeper, V 329
Beam current, Jg, mA T2
Net accelerating voltage, Vi, V 1220
Neutralizer floating potential, Vg, V -10 {est.)
Qutput beam power, W 87.1
Accelerator voltage, Va, V -500
Accelerator drain current, JA, mA .23 (est.) :
Accelerator drain power, W .4-(est.)
Discharge voltage, AVL, V _ 40 '
Emission current, Jg, A .94 .
Discharge power, W : 21.6
Cathode: '
. Keeper voltage, VCK, V 10.5
Keeper current, JCK, A c. 2
Keeper power, W 2.1
Heater voltage, Vo, V . 0
Heater current, JCH, A 0
Heater power, W 0
Vaporizer voltage, Voy, V 5.6
Vaporizer current, Joy, A 2.2
Vaporizer power, W 12.3
Flow rate, mA (93.0) by
diff.
Neutralizer:
Keeper voltage, Vo, V 15.8
Keeper current, JCK, A .4
Keeper power, W _ 8.32
Heater voltage, Vcoy, V 1.6
Heater current, JoqH, A 4.0
Heater power, W . 6.4
Vaporizer voltage, VNV, V 1.35
Vaporizer current, JNy, A .6
Vaporizer power, W _ .81
Flow rate, mA 7.2 -
o S 247 et

*Accounting for neutralizer floating potential
Tideal thrust corrected for double ions and beam divergence
est. = estimated
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SERT' D Dual Axis Vectorable Thrusters

1
\
i [ 4 >’I‘hruster humber
J
2
Function Prime First backup Second
(prime failure) backup
Station keeping: .
N-S 1&2 | 1or 2f{for half of time 3or4
remaining in 5 yr
E-W 3484 (1&2)* (1or 2)*
Momentum wheel dumping: -
Roll 1&2 (tor2)f Hydrazine
Pitch 3&4 - 3or 4 None
Yaw 1&2 (Lor2)T 3 4
Station walking:
E-W thrusting 3 &4 (3or4)and (land 2) | {1and2)or
_ ' (3 or 4) (1or2)
Cycling endurance test 3 & 4 None None

By required, N-8 station keeping will be reduced up to 1.6 Srears.
TIf required, N-S station keeping will be reduced up to 0.4 years.
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Figure 4.5.1 - 8-cm Ion Thruster Cutaway Drawing
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4.6 Electrical Power

The SERT D electrical system is.basically made up of 2 (two)
.power buses: a regulafed.ﬁs volt hﬁusekeeping_bus and an
unfegulated 7020 volt experiments b;s. To power these two buses
there are twq‘solar arrays which each have apéroximately 160 watts
capacity. When the south ibn thruster is operating, part of the 70
volt array is reconfigured into a hiéh voltage solar afray {HVSA)
that is directly. tied to the thruster. The other three ion
thrusters on SERT D use the 70 volt bus for almost all their power
needs. _Z

Before the solar arrays are extended, the housekeeping bus will
be supported by a body-mounted solar cell which has a power ocutput
of 80 watts. This power is lost when the main solar arrays
are extended.

A block diagram of the power system is shown in figure 4.6.1.
From this diagram the diféerent spacecraft power loads can be
distinguished. Basically, they are the ion thrusters, telemetry
énd attitude cbntrol system, and satellite surveillance system
(radar, if required, and television system). The telemetry and
attitude control system comprise the largest continuous load
requirement from the 28 volt bus during all phases of the mission.
The telemetry system requires 27 watts at 28 volts at all times

other than eclipse periods at which time the power requirements
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are reduced to 4.5 watts at 28 volts. The attitude control system
- powey requirements can go from a low of 55.5 watts to a high of
94;5 watts duriﬁg an eclipse and to a low of 73.5 watts to a high
of 119.5 watts during solar array extension.

The surveillance system consists of radar (if required) and a
television camera and transmitter. This system is used during the
tefminal rendezvous phase of the mission where the radaf is used to
locate the object of intérest and the television camera and
transmitter sends pictures back to a ground station. The radar is

never 6n while the television camera and transmitter are on. The
radar requires 123 watts at 28 volts while the televisionsystem
requires 143 watts at 28 volts. They are powered from a separate
reguiator which uses the 70 volt solar array as the power source.

There are four (4) ion thrusters on SERT D. There ére north
and south thrusters mounted on the solaf array and east and west
body-mounted thrusters. The east body-mounted thruster and the
north thruster require 150 watts from the 70 volt_unregulated bus
and 3 watts from the 28 volt regulated bus, The south thruster, as
mentioned earlier, is operated off a reconfigured 70 volt array;
however;.it also requires 30 watts from the 28 volt bus. The west
body-mounted thruster will operate from a nickel-hydrogen (Ni-H,)
battery which is part of an EXperimeﬁt aboard SERT D, A description

of the Ni-Hy battery system can be found in Appendix C.
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The block diagram of the power qyétem for SERT D shows the
main units that are necessary to regulate and control the power
for the spacecraft. These irclude héﬁsekeeping solar array
. regulator, batfery, battefy discharge regulator; and a battery
charger. More will be said about each of these units later.

The SERT D mission will be made up of a number of different
phases, The main phases relative to Eower requirements are launch,
transfer orbit, apogee motor burn, thfeeAaxis acquisition and
éubsequent operation. Bétteries supbly spacecraft power during
the launch phase. Batteries and body mounted solar éells supply
power during the transfer orbit and apogee motor burn as well as
during part of the three-axis acquisition phase. Batteries alone
aré used during part of the three-axfs acguisition phase; Batteries
and the solar arrays provide power dyring the latter portion of
the three-axis acquisition phase. Subsequent synchronous operations
utilize the solar arrays and batteriés for power.

A natural evil of synchronous orbits is a seventy-two (72)
minute eclipse. During this period only the essential systems are
maintained off the batteries. These systems include the attitude
control and telemetry systems; both of which comprise the ﬁajority
of the power loading dﬁring eclipse.

Ancther phase of the missiﬁn is a rendezvous with another
spacecraft. This phase has already been described earlier in this

report.
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From a power profile plot such as figure 4.6.2, the power
constraints can be determined. Tﬁe major constraint is the size
of the arrays. The housekeeping array will not support either the
radar or the television system. Because of the size of the 70
voit array, only one ion thruster can operate from it at any one
time. If the radar and television Qfstem are powered from the 70
volt array, only one of the two can operate at any one time. An
ion thruster and either the radar or television system cannot operate
at the same time from the 70 volt arfayf Care has to be taken so
that the battery does not become too deeply discharged. Time has
to be allowed for the battefy to be charged. Table 4.6.1 supple-
ments figure 4.6;2 and shows the elecﬁrical loads during the various
phases of the mission.

Up until now this proposal has dealt mainly in generalities
concerning the hardware of the power system for the SERT D space-
craft, At this time a more detailed discussion of the components
of the power system is offered. Some of the parameteré that affect
the design of the power system are total power required from the
solar array, total power required from the battery; total weight
allowed for the power system, efficiencies of the individual
components (how much power will be dissipated), reliability, and
off~the-shelf versus development items. In the case of SERT D the
major guiding factor has been tﬁe weight allowed for the power

system. Through calculations it was determined that about twenty-five
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(25) pounds of harness would be needéd. In additién, forty-five
(45) pounds were allowed for fhe battery and the electronicé of the
power system. In order to maximize ‘the weight available for the
electronics, the use of lightweight batteries.was explored. The one
part of the power system which did not change no matter what was
used for the other combénents was the power conditioner for the
integrating gyro. The power conditiomer is required to generate
several well-regulated sine and square waves. It has hot yet been
buiit in a flight-type configuration. After some thought, it was
decided to allow eight (8) pounds for this conditioner. Therefore,
the allowable weight for the battery and electronics was down to
thirty-seven (37) pounds.
| In researching power systems for this proposal a complete,
flight-qualified system which was b?ilt by Philco-Ford for Goddard
Space Flight Center was discovered. This system.includes the
solér'array, main regulator, battery, battéry.charger, and battery
boost regulator. Any pért or all of this system can be purchased;
The entire sgystem miﬁus the solar array weighs 27.76 pounds which
is very light and, in essence, is the system proposed for SERT D.
The power capability of this system can handle the requirements
for SERT D and the designed lifetime of five fears also meets a
requirement of SERT D, Reéponsible for working on this power system
at Philco~Ford Corporation are D. C. Briggs and H. N. McKinney.

The same power system is part of the Synchronous Meteorological
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Satellite (SMS). 1t relies on a partiaily shunted solar array for
regulation. The solar arfay is tapped so that by the end of the
mission the power‘required is equal té maximum power available from
the array. In this way the shunt regulator will essentially not be
needed at the end of the mission. Since it uses a éhunt regulator,
there will be some power dissipation during the mission. However,
this dissipation is minimized by the partial shuﬁt arrangeﬁent.
Also, there are twelve (12) dissipative elements which can be placed
anywhere in the spacecraft. The system has built-in redundancy. An
inferesting alternative to the Philco-Ford system is discussed in
Appendix A.

By using the SM35 power subsystem with its total weight of
27.76 pounds there is 9.24 pounds lefE for poﬁer conditioning for
telemetry and a regulator for the radar and television system. The
telemetry system requires a number of voltages at a total power of
27 watts. To handle these requirements, it was decided to use
Powercube Corporatioﬁ "Circuitblock" modules. Powercube products
have flown in Apollo and Skylab programs and are being used in the
SPHINX satellite which Lewis is_presently working on. The follewing
Powercube modules would be used:
1 - 27G1l00W40 generator, 1 - 12TRC10 regulator, 1-6TRC10 regulator,
1 - 3/5TRC10 regulator, 1 - 15/16.5 TRC10 regulator, and 1 - 8TR23
regulator, For.redundancy another cbmplete system would be needed.

Each module is 1" x 1" x 2" and weighs 2.8 ounces. Therefore, for
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two systems the weight would.be 2.1 ppunds. The efficiency would
bé afound 90 percent. ”

There is.now 7.15 pounds remaining from the original 45 pounds
for the power system. The remaining parts of the.system,td be
accounted_for'are a regulator for the radar and ;eleﬁision system,
switches, and fuses. The choice for the regulator are agaid
Powercube "Circuitblock™ modules because of their lightweight and
flexibility. The maximum power required from the reéulafor is
around 150 watts at 28 volts. Two (2) Powercube generators, each
rated at 90 watts cutput aﬁd‘three {3) Powercube regulators, each
rated at 65 watts output would handle the radar and television
system, Totél wéight for this regulator would be 14 ounces or ,875
lbs. _This leaves around 6.27 lbé. for switches and fuses.

As can be seen from the block diagramjof figure 4.6.1, fusing
would be required for the ion thrusters, radar, television camera,
and television transmittef. These experiments are not as vital to
the well-being of the spacecraft as the rest of the items on board.
If something goes wrong with them in that they start drawing
excessive power, then they become expendable. These units also
happen to be the largest users of power on board the spacecraft.

If the Philco power system is used, then only one (1} additional
relay will be needed in order to switch power conditioners for the
telemetry system. A relay weighs around onme (1) ounce. Therefore,

there is a possibility of having around a six (6) lb. weight
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contingency in the power system. Table 4.6.2 gives a weight
breakdown for the SERT D.power system.

If the Philco-Ford power system is not used, there are several
systems which could be used,. Howevef, none of fhem have‘the nice
feature of being already integrated into a lightweight, simple
package,

As noted previously, to help alleviate the weight problem with
the power system, spécial lightweight batteries were investigated.
The battery which holds the most promise - at this time of being the
lightest at a given power capability is ;he silver-zinc. However,
past performance, especially in lengthy missions has not helped the
silver-zinc battery's reputafion. Lewis Research Center has done a
great deal of work with this battery and is a strong advocate of
its use in future missions. The Lewis groﬁp currently investigating
the silver-zinc battery have provided a proposal for the SERT D
mission which is presented in Appendix B.

Silver-zinc (Ag-Zn) batteries are sensitive to over charging.
It is the main cause of battery failure. The recommended method
for charging Ag-Zn batteries is by a two step charger. The
following battery charger has been widely used in charging Ag Cd
batteries. It can be adapted for charging Ag Zn batteries éince
they both require two (2) step charging. The voltage levels
indicated are only used for reference and are not meant to be the

levels that would have to be used for SERT D.
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In essence it consists of'initially applying maximum
available rate of charge (up to about C/10) until a preselected
voltage level is reached after which fhe charge voltagé is clamped
at this point ﬁntil full charge is approachgd and the charge current
has droppéd to C/100. At this_time the voltage.point at which the .
charging is élamped is changed to 14;1 volts, and remains there
until a discharge interval is required. Then the cycle is repeated.
This technique has been found to gregfly reduce gas formation during
trickle ﬁonditions. | |

The battery.charge control system of figure 4.6.3 is designed
to provide charge currents up to the'voltage limits peculiar to
silver cadmium cells. The "full charge" current is equal to the
solar array current.less the load cufrent_up to the ﬁpper battery
voltage limit at which point the battery is in a constant voltage
chafging mode. Continued operation in this mode reduces the
battery current to a predetermined lével at which point_the constant
voltage regulator switches down to the lower voltage limit. The
battery then draws the current required to maintain_it at this
lower voltage level. Upon going into a discharge the system is
reset and the charge cycle repeats itself at the onset of recharge.
Transistor Qi is the charging path and is controlled by the upper
and lower level voltage detectors. The OP Amp I.C. detectors
utilize resistor divider sensors and compare the divider voltages

to the Zener voltage of CR2, Their outputs are "OR''ed at the
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base of the driver tramnsistor Q2. One detector is always disabled
as determined by the state of the."Charge Vbltage Level Selector"
flip-flop. Both are disabled during discharge by the Discharging
Detectox ouﬁput which |sets the flip-flop to the lower voltage
detector disable state_and aléo drives the base of Q3 disabling the
upper voltage detector. The state of the flip-flop iz determined
by the Discharging Detector and the Charging Detector, whichever
wag in the “DN“;staté last. Their input is the voltage drop across
the battery current shunt located between cells number 5 and 6. For
this battery_thé upper voltage limit has been selected to be 15.4
volts and the lower is 14.1 velts. .

The sequence of operation starting in the discharging mode
is as follows: During discharge thé Discharging Detector is
producing an output that has signaled the flip-flop to the 14.1
volt disable state and is keeping Q3 in the on state which in turn
is disabling the 15.4 vqlt'detector. At the end of discharge and
at the start of the charge cycle, the Discharging Detector senses
the current reversal in the shunt and its output goes to the RTN
potential thus turning Q3 off and enabling the 15.4 volt Detector.
As long as the battefy voltage is below 15.4 volts, transistor Q1
will be saturated thus allowing the full array current less the
load current to be put into the battery. When the battery Voltage
becomes 15.4 volts and 15.4 volt Detector will regulate the drive

to Q1 such that the battery, voltage is regulated at 15.4 volts,
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In this mode the current required to keep the battery at the upper
voltage level will reduce %with time until at 100 ma, and for the
delay time determined by Cl, the "100 ma.Charging Detector" will
produce an output that toggles the.flip-flop disabling the 15.4
| volt Detector and enablxng the 14.]1 volt Detector. The 14.1 volt
Detector then regulates the drive to Q1 such that the battery |
voltage 1is regulated at 14.1 volts. Regulation continues until a
discharge, for the delay time as determingd by €2, occurs. At
thlS point the 'Discharging Detector" produﬁes an output that
toggles the flip-flop back to the 14.1 volt disable mode and turn
on Q3 also disabling the 15.4 volt Detector, thus Ql drive current
does not produce power losses in the drive circuitry. The Battery
discharges into the load through germanium dibde CRl.

In referring back to the bloék diagram of thé power system,
figure &4.6.1, one can see that it may be necessary to be.able'to
switch the battery cells from a series combination for discharging
to a parallel combination for charging. This is a result of the
battery having a higher open circuit voltage than the housekeeping
bus. However, the battery voitage cannot be indiscriminately
lowered since the effiéiency_of the boost regulator suffers. A
compromise is required but it woﬁld be advantageous.to be able to
charge and discharge the battery cells while they are in a series

connection.

Limited power budgets on small spacecraft present time
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sharing problems which force compromises in the exercise of
certain subsystems, SERT D is no exceptién; the power budget
precludes the operation of the north,‘south, and east thrusters
at the same time. They all require power from tﬁe same solar
array which can handle only one thruster at a time. It ﬁas been
proposed that the west thruster operate from a battery system,
Table 4.6.3 indicates the 8~cm thruster power requirements for
SERT D. A conventional battery system for this duty ecycle,
with a five year mission life, would be prohibitively heavy
for this spacecraft.

An experimental battery system employing nickel and
hydrogen gas as the electrodes appears to have the capability
to perform in this manner without excessive mass. Such an
experimental system has been proposed by COMSAT and will be
considered for SERT D, This experimental battery system is

described in Appendix C,
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TABLE 4.6.2 ~ WEIGHT TABLE FOR THE SERT D POWER SYSTEM

Total Allowed Power System Weight

Main Regulator, Battery, Battery Charger
and Battery Boost Regulater
(Philco-SMS System)

Power Conditioner for the Integrating
Gyro

Power Conditioner for the Telemetry System

Regulator for the Radar and Television
Systems

Wiring Harness

Fuses, Switches, etc.

45.0 1bs

-27.76

- 8.0

- 2.1

- 0.875

-25.0

6.26

129



Table 4.6.3 =~ 8-CM THRUSTER IMPULSE REQUIREMENT% FOR SERT D

OPERATION

North-South

Station Keeping

East-West
Station Keeping

(Solar Pressure)

East-West
Station Keeping

(Triaxiality)

Momentum Dumping

(yaw - Roll)

Momentum Dumping

{pitch)

THRUSTERS - USED

North & South

East & West

East (2 impulsés)

North br South

East or West

THRUSTING TIME
FOR THRUSTER
PER CORRECTION

1.3 Hours

45 Minutes

22 Minutes

per Impulse
4 Minutes

10 Minutes

TIME
. BETWEEN
CORRECTIONS

1 day

7 days

7 days

1 day

1 day

NOTE: Above Assumes No Lifetest is Being Performed with Any Thruster
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Thermal Control

The thermal deéign will provide a thermal controi system tﬁat
will keep all components within temperature fanges fha; allow safe
operation over a fivE yéar life. The structural size of the
spacecraft must be such that enough radiative area is ﬁrovided to
satisfy worst case thermal operation.with maximum sdiar heat input.
The thermal control system must also have the ability to limit the
radiative ability such that all compoﬁents can survive fhe cold
condition encountered during eclipse and final orbit acquisitioﬁ.

A unique thermal problem wili be encountered with the thrusters
mounted on the ends of the solar arrafs. The thruster's suppiy
lines must be maintained above the freezing point.of mercury.during
eclipse and acquisition. The deer conditioners for these thrusteré
must also be maintained above their electronic component's
survivébility temperature limit. T@ese conditions can be.satisfied_
by the use of louvers, high and 10w£temperature insulation systems,
heaters, heat isolators, spécial coatings and paints. All systems
must be uniquely designed for the final spacecraft configuraﬁion.

Figures 3.1.1 and 1.3.1 show the spacecraft in its launch"
configuration and its deployed on-orbit configuration. Thé
spacecraft is earth oriented with foldout solar arrays which
parallel the earth's polar axis and contiﬁuously face the sun as

the spacecraft rotates relative to the sun. The north and south
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faces of this configuration are util?zed as the principal heat
rejection surfaces. These surfaces ére subject to seasonal solar
plane angle variations of about 123.5° and are therefore periodically
exposed to low-angle solar illumination. During launch and transfer
orbit these radiators and foldout sélér arrays will have covers.
These covers serve a dual purpose: (1) They prevent the space-
craft from radiating heat during the launch and transfer orbit
phases when minimum heat is being generated internally, (2) They
also provide a mounting surface foL solar cells which provide extra
electrical power for those phases ﬁhen the solar arrays are still
stowed. These covers will be ejected just prior to deploying the
solar arrays. The north and south panels are dimensioned such that
they can radiate the maximum internal heat generated in addition to
solar heat flux., Their size is also such that during eclipse, the
spacecraft components caé survive without going below minimum
allowable component temperaturés.*

All other external surfaces of the gpacecraft will be covered
with vented multilayer insulation blankets.. This prevents both
undesired solar heat absorption and radiative losses. During the
transfer orbit the nozzle of the apogee motor will be closed off
by an insulated cover to minimize the nozzle radiation to space.

This cover will blow out upon apogee motor firing.

*All of the high heat dissipation electronics will be located on
or near the north and south panels. Figure 3.1.2 shows the
location of the major electrical components.
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4.8 Telemetry Tracking and Command (TT&C)

Communications System - The tracking, telemetry énd_command functions
of the SERT D spacecraff are performed by four major subsystems.
These are the antenna, t:ansponder; éata.handling and command
subsystems. The subgystems are designed to méet the data and
command requirements of the spacecraft and the experiments. In
addition to these reqﬁireﬁents, threé additionél constraints are
imposed on the subsyétems:

1. Maximum use shall-be.made of designs and hafdware from existing
programs (such as the_CoﬁmunicatiOns Technolbgy Satellite, CTS)
in order to reduce program cos@s and develoPment risks.

_ ! 7 )

2. The subsystems shall be compatible with the existing Sbace-
flight Tracking and Dat# Network. (STDN) facilities.

3. The spacecraft must be capable of receiving commands even if
the high gain anfehna is not properly pointed to the earth.

A block diagram showing a conceptual design which meets the above

requirements and constraints is shown in figure 4.8.1.

Antennas - The antenna system (figure 4.8.2) consists of two
separate antennas. A two-foot parabolic reflector with an S-band_
feed is mounted on the earth facing side (aftef acquisition) of
the spacecréft body, and is aligned with the yéw axis of the
spacecraft. This antema provides 20 dB gain {at 55% eff) and a

half-power beam width of 17°. This angle subtends the geoid
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from'syéchrcnods altitude. The fe%d for this parabolic reflector
is to be designed to accept a signal from the spacecraft
'television transmitter in addition to.its functions in support of
the telemetry and command system. The amount of "shadowing" of
the parabolic reflector by the relatively large S-band feed has
vet to be determined.

During transfer orbit and possibly at times on-station, the
high gain éntenna may not be pointing toward the earth. 1In order
to assure that the spacecraft is capablé of receiﬁing commands
under these conditions, an omnidirectional antenna is to be mounted

!
on the body of the spacecraft. The fbrm of this omniantenna has
not been defined for this spacecraft. At this time the most
_likely candidate is an annulus which fits around the apogee motor
‘nozzle; The gain of this antenna is Lo be better than 10 dB over
95% of a sphere which has its center at the spacecraft. This
omniantenna will not be required to support the TV tﬁansmitter at
any time, (
Transponder - Tﬁe tranéponder contains redundant command receivers
and redundant telemetry transmitters. Both receivers will be
operating at the same time, but ohly one transmitter will be
operating. The seéond transmitter will be turned on and switched

to the load by ground command. The uplink .and downlink frequencies

will be assigned within the S-band ranges of 2.025 - 2,12 GHZ and
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2,2 - 2.3 GHZ fespectivelg.

In the commanding mode, the receivers demoduléte the-S-Sand
signal and feed it to the command decoder. In the ranging mode,
‘fhe ranging code or ranging tones are fed to the transmitter for
retransmission to earth as phase modﬁlation of the telemetry
- carrier. The transmitter will have Ehe capabiiity of génerating
the output frequency from an internal oscillator'or coherently

from the received ranging carrier.

Command Decoding - Decoding of the commands from the transponder

is performed by the command decoder on the spacecraff body and by
remote decoders on each of the solar arrays. The command decoder
contains circuitry which will rejeqt!any command that does not
conform to an address code which is to be assigned to the space-
craft in accordance with the GSFC Aerospace Data Systems Standards.
In order to provide an a&equate numbér of commands, an eight bit
word {(at a 1 kilobiﬁ rate) has been selected., The 8 bit word can
vield a maximum of 256 commands. Since the preéent command
requirements list (Table 4.8.1) has a total of 143 required
‘commands, there is an adequate capability (113 comﬁands) to
provide redundancy for.some critical commands.

As shown in figure 4.8.1 fhé command de¢oder is required to
provide all the commands for contrdl of the equipment on Ehe_body

of the spacecraft, to provide "set value" commands for each of
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the body mounted thrusters, td provide command interféée for the
Apollo Rover TV camera.

_The remote decoders are required on each solar panel to
provide command functions for the soldar panel thruéters, for the

integrated array experiment, and for the solar cell experiment,

Verification - In order to prdvide a complete check on a command
that has been received by the spacecraft before the command is -
executed, automatic ground verification will bé performed. This
will be accomplished by transmitting the command word or thellﬁ
bit value word portion of the command message to the spacecraft
control center by means of the telemetry system. In the control
center, each bit of the original command word will be compared
with each bit of the telemetered command word and upon concurrence
the intended command will be executed. No execute signal will be
transmitted if the wverification process is delayed, interrupted
or terminated, and if the decoder does not receive an execute
signal within a pre-determined period of time the command word

which has been stored in the decoder will be dumped.

Data Handling - An 8-bit word is selected to provide an analog

to digital conversion resolution of better than 0.5%. The input
to the A-D converters is to be from 0 to 5V. Status monitors in
the form of bi-level flags will also be provided.

To minimize the complexity of the spacecraft encoder, two
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data rates have been selected. Thé fast data rate is 1 saﬁple per
second which meefs the preliminary reqqirements of AC & SK, and
exceeds the requirements of the qther épacecraft subsystems. The
slow data rate has been selected to meef the requirements of all
sﬁbsystems with sampling intervals of 32 sec or longer. Data
compreséion is to be performed at the éroupd station rather than at
the spacecraft. | |

The CTS telemetry encoder in its present form will not pgovide
the functions required for SERT D.because it has only approximately
.40% of the required channel capacity. However, it has low power
consumption and wgight. An earlier version of the CTS encoder had
greater channel capacity, but it had not reached the séme.state of
' development as the present CTS version before it was functionally
chﬁnged. The éncoder was changed because it was no longer required
to support soﬁe CTS experjments that had been removed, partially
as a result of the CTS weight reduction program. Since the package
size has not changed from one version to the other, it is assumed
that weight changes were minimal and résultgd only from remoyal of
a number of'integrated circuits which weigh about 1 gram each. 1In
order to minimize weight and power consumption, an encoder similar
to the older CTS version would be purchased. The version to be
purchased will have the same rates and number of words as the older
CIS system, The remote subcomé and decoders will be packaged as '
single units to save weight. 1In ﬁrder to consume approximately

the same power as the CTS system, CMOS technology will have to be
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used in the encoder and remoté enéoder/decoder units at the
expense of careful design to eliminate damage from ion thruster
arcing and special handling of the devices in or&er-to prevent
damage during assembly operations. The cﬁaracteristics of such a
system afe as shown in Table 4.8.2. Table 4.8.3 shows the channel
capacity of the system. Table 4.8.4 shows the results of a survey
to determine the telemetry data requiremeﬁts. Even with this
modified CTS system, conéessions in data requirements will have
to be made in order to meet the data handling system characteristics.

During the pericds when thé spagecraft must operate with the
omniantenna, the data rate or the quantity of data will be reduced
to a critical minimum in order to eliminate the necessity of using
a transponder.with an output rf power greater than two watts.

The telemetry encoder will also supply timing signmals to the
experimenters such as the solar cellfexperiment.

Table 4.8.5 summarizes the 10ad§ imposed on the structure,
thermal, and electrical subsystems by the TT&C system. The major
portions of the estimates.are taken from the CTS, The TT&C system
described is a minimum weight, minimum power system that essentially

meets the requirements.
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TABLE 4,8.1 - TOTAL COMMAND REQUIREMENTS

DISCRETE . COMMAND _ _
COMMANDS "~ WORDS COMMENTS
THRUSTERS 8 L-IG bit Based on CIS Thruster.
1-strobe Form of Strobe TBD
INTEGRATED 7
ARRAY
AC & SK 32
TV CAMERA 16 REQ'D Apollo Lunar Camera
SAOM ‘ 12
T & C XPNDR 6 : - AE Transponder
T & C OTHER 24 A REQ'D Addressing of Decoders
TBD
RADAR 6 Est. by T & C
SOLAR CELL EXP 2
POWER 30 ' Est, by T & C

TOTAL 143 o 4



TABLE 4.8.2 - CTS ENCODER

FRAME LENGTH

ANALOG WORDS/ FRAI'IE.
ANALOG SUBCOM WORDS/FRAME
DIGITAL WORDS /FRAME

FRAME SYNC WORDS/FRAME .

FRAME COUNTER, DIGITAL SUBCOM
AND DIGITAL FIAG WORDS/FRAME

CHARNELS /SUBCOM
NUMBER OF ANALOG SUBCOMS
NUMBER OF DIGITAL SUBCOMS

BIT RATE

CHARACTERISTICS (MODIFIED)

192

152

24

10

32

1536 BPS

143



TABLE 4.8.3 - MODIFIED CTS CHANNEL CAPACITY

8 1 segs

NORTH ARRAY SUBGOM

SOUTH ARRAY SUBCOM

2 $/C BODY SUBCOMS

5°S/C BODY DIGITAL SUBCOMS

S/C BODY ANALOG WORDS 152

" " DIGITAL WORDS 24

" " FLAG WORDS b
TOTAL CAPABILITY 176

CHANNELS
@ 1/32 sec

- 32
32
64

- 160

288

FLAGS

32

32

144



TABLE 4.8.4 - TOTAL TELEMETRY DATA REQUIREMENTS

FAST SLOW - FLAGS COMMENTS

RATE RATE
THRUSTERS 100 36 Total for 4 units.
: Two units operate
simultaneously.

PPU & NEUT, heater
currents are required
for the "off" pair.

INTEGRATED ARRAY o 5

AC & SK 21 | 19

TV CAMERA 1 . Apollb lunar camera

5A0M _ 12 2 z Total for two uqits

T & C XPNDR 6 9 3

T&C OiHER 36 .5 15

RADAR 10 2 1 Est by T & G

THERMAL 25 Includes Battf Temp.

SOLAR CELL EXP. 1 ' Needs timing &
control f;om T&C

POWER | 10 20 Est. by T & C

TOTALS 168 104 63
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TABLE 4.8.5 - T & C SUMMARY = .

PARABOLIC ANT
OMNI ANT
DUPLEXER (2 REQ)
HYBRID

RECEIVER (2 REQ)

MAIN DECODER

ENCODER
TRANSMITTER (2 REQ)
COAX SWITCH

REMOTE SUBCOM/
DECCDER

VOLUME - WEIGHT | POWER
2' Dia 10 0
46" Annulus 8 0
6x3x2 1 - 0
3x1x3 E | 0
6x1 3/4 x 3 _! | 3
8x6x6 - 22 &
E ¥ w standby
SxGx% ? S
5x1 3/# x 3 é | 12
2x1 3/4 x 1.4 : | 20w for 30 sec

3x3x1 3/4 2 (both) 2 (both)

42pounds 29 watts
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4.9 HVSA Experiment

Introduction - The high voltage solar array experiment for SERT D

consists of three regulated suppliés to proﬁide_power difectly
from the solar arrdy to one of the array mounted ;hrusters. These
supplies power the beam, discharge, and accelerator. The remainder
of the thruster loads are supplied th;ough conventional power
conditioning circuitry. Tﬁe portion ;f the solar_array utilized
for this experiment will be reconfiguted and returned tfo the
spacecraft power buses when the thruster is-nét being operated.

Figure 4.9.1 shows a block diagram of-the entire thruster
power system. The beam supply is powered by reconfiguring a
portion of the experiment bus array. _The discharge supply is
powered by reconfiguring a portion of the housekeeping bus arréy.
The array management electronics for regulation and reconfiguration
of these suppliés are located in the electronics péckage mounted
on the outboard end of the solar array, adjacent to the thruster.
The electronics package also contains the power conditioning
circuitry for the low power thruster loads. The accelerator
supply consists of a small number of edge-illuminated solar cells
mounted on the sun-facing surface of the electronics package.
This supply is self-regulating and requires no active control.

The HVSA experiment does not impose a penalty on the space-

craft array, since the portion of the solar array used for the
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experiment is not dedicated to its loads. The array construction
is identical to that of the convenfional portidns of the array.
Interconnec;ion of the solar cell strings is modified and some
by-pass diodes are mounted on the array. However, the numbe: of

loads required from the array is not significantly increased.

HVSA Description - Each HVSA power supply system consists of a

solar cell array of sufficient size to meet the requirements of
ité load under worst conditions.at the end-of-life. At other
operating conditions, the array is caPablg of gene;éting_more
voltage and/or current than is neéded which requires that excess
:solar cells (series and/or_pérallel) must be in effecf, removed
from the array. There are a number of methods of controlling
solar array output for direct load poweriﬁg. The most suitable
method of control is directly dependent upon the.patticular load
current, veoltage, and regulation reqqirements.

The beam and discharge power supplies are regulated by means
of switcheg which will short-out excess solar cell blocks, removing
them in a nondissipative manner from the array. Switch operation
will be controlled by on-board 1ogic, based on sensed power
conditions at the load. The accelerator power éupply will be
regulated by zener diodes in parallel with the cells. A |
redundant segmént is provided in this.supply and is normally

shorted out by a switch which will be opened when needed by
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on-boérd contfol. All switches and control logic wili be housed in
an electronics package mounted on the solar array tip, adjacent to
the ion thruster.
.The solar array construction and_operating éonditions for

SERT D are similar to the CTS array: 8 mil solar cells with 4 mil
micro-sheet covers mounted on a kaptoh-fiberglass laminated
subatrate., Several cell resistivities were considered and i ohme-
cm cells were.gele?ted for the beam and discharge HVSA systems.
The end-of-life (5 years in synchronous orbit) current capability
of these cells is adequate £or both supplies.and their higher
voltage per cell permits a substantial decrease in.array size over
10 ohm=- em cells. Since the 1 phm-cm cell output power is higher
than the 10 ohm-cm after 5 years in synchronous orbit,.this cell
is also the better choice for the low voltage bus portion of the
arrays. The table below lists the array temperature and
illumination conditions and 1 ohm-cm solar cell cﬁaracteristics

at various orbit points for beginning and end-of-life.
|

- T Ilum ' BOL " EOL (9x1014e/c$2)

ORBITAL POINT % | % Ige  Voc  Pmax  lgc Voeo  Fmax
mA v mW mA v mW

Equinox 55 100 130.5 .530 52.3 107.0 476 38.6

Winter solstice 50 98.3 128.0 .540 52.4 105.0 486 38.7

Summer solstice 45 101.8 132.5 .550 55.4 103.5 495 40,8

|
|
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The solar array for the accelerator gridIPGWer supply supply
system will be fabricated with edge-illuminated solar cells. The

cells produce approximately 30 V and 1 mA in a 2x2 cm area.

Beam Supply -. The beam supply for an g-cm ion thruster requires
1220 V at 72 mA with * 1% regulation. This supply requires a
single cell series string, 2916 célls long. To protect the system
integrity in the event of solar cells failing open, by~pass diodes
will be placed across every 54 or 108 cells fﬁr.an array total of
36. The table below lists the total array voltége at 72 mA at
beginning and end-éf-life. The end-of-life values assume that

normally expected failure rates have prevailed.

BOL EQL
Equinox '__ 1416 V 1215 V
Winter solstice - 1453 Vv 1247 V @ 72 mA
Summer soclstice 1487 v 1277 v

These diodes will be mounted on the érréy and will by—pass'_
alternate sections of 6 and 12 series strings; each string is
nine solar cells long. Figure 4.9.2 shows the array panel layout
of the HVSA experiment portion of the solar array wiqg.

The array management electronicé_consists of a regulatién
section and a reconfiguration section, plus load switches and
an array clamp. A total of 39 leads from the solar array to

the electronics package are required for the management of the
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reconfigurable beam supply. This is dn increase of'three leads
over the 36 leads required for the sténdard array configuration.
Figure 4.9.3 is a schematic of tﬂe beam supply.

Regulation of the beam supply is accomplished by means of
four (4) shortipg'switches across blocks of solar cells which are
27, 54, 108, and 216 cells long, respectively. The shorting
. switches are solid state circuits, incorporating voltage isolation,
where necessary, and self-protection%from load arcs. Switch
operation is confrolled by an on-boa;d logic system consisting of
a load sensor, reference, comparator, an up-down counter, and
&igital clock. Reconfiguration of the beam array to the
e#periment bus voltage is accomplished by paralleling segments of
the array. Each segment has a series length of 162 cells which is
equal to the length of the experiment bus array. The eighteen

I .
segments of the beam array are paralleled by means of seventeen
double pole, double throw relays. A blocking diode is provided
for each segment for cell failufe protection. The table below
shows the power available from the reconfigured beam array at

beginning and end-of-life. End-of-life data includes the effect

of normal expected rates of cell failure.
| BOL j EOL
W W W W @ W

Pmax | Impp , Vmpp = Pmax | Impp | Vmpp
- i

'f: ! H
Equinox 152 ° 2.16 ! 70.5  99.9! 1.58 . 63.3
Winter solstice 152  2.10 = 72,25 100. & 1.54  65.0

Summer solstice 162 ' 2.18 = 74.2 = 106. . 1.59  66.7
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Discharge Supply - The discharge supply for an 8-cm ion thruster

requires 40 V at 530 mA with + 3% regﬁlation.. This supply requires
a 576 solar cell matrix with 96 cells in geries, 6 cells in parallel.
Protective diodes are not required for'cell-opén failures, prbvided
that the array is matrixed. A cell Lpen’wéuld 1imit the current
capability of‘tﬁat parallel row to five solar_cells. Under worst
conditions at end-of-life, the row containing the open would

operate at near short circuit currenﬁ; that is, the row passes the
full load current, but does not contribute to the array voltéée.

The rest of the array is capable of meeting the load requirements.
The table below lists the total arfay voltage at 530 mA at beginning
and end-of-life. The end-of-life vaiues assume that the nor;al

expected failures have occurred. *

BOL ‘ EOL
Equinox 47.0 : 41.0
Winter solstice 43.0 | 40.0 @ 530 mA
Summer solstice 49.0 42.5 |

The solar cell layout for the discharge supply as shown in

figure 4.9.2 requires a series length of 8 cells. The total area
required fills one and one-third panels. The remainder of the
partial panel is available for z housekeeping array section and/
or experiments. The discharge supply does not have additional

protective diodes mounted. on the array as in the case of the beam
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supply; The.nuﬁber of Ie;ds from this array to the electronics
package is six, This is the same number of leads as is required
for a ho#sekeeping array of the same area. Figure 4.9.4 is a
schematic of the reconfigurable discharge supply. Regulatibn of
the discharge supply will be accomplished by means of three (3)
shortipg switches across array segments which contain 4x6, 8x6, and
16x6 cells respectively. The switchés are controlled in the same
manner as those in the beam power supply system. Tighter
regulation of this supply can be achieved; if necessary, bj the
addition of regulation switches and’ohe lead per switch from the
array.

Recdnfiguration of the discharge array to provide power to
the housekeeping array is accomplished by shorting out the 16x6
cell block (switch R3) and connecting the array to the bus with
the load switches. The discharge array will provide 22 watts BOL
and 18 watts EOL to the housekeeping bus at tﬁe regulation voltage

(29.3 V).

Accelerator Grid Supplﬁ - The accelerator grid supply for an 8-

cm ion thruster requires 500 V at 0.23 mA with‘ilﬁ.regulation.
Edge-illuminated solar cells; which produce high voltage at low
current are most suitéble fpr this supply. The array will consist
of a series étring of 22 edge-iliuminéted cells, every two of _

which are paralleled by a 50 V zener diode. Figure 4.9.5 is a
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schematic of the accelerator supply. The zeners not only régulate
the-array vqltage, buf also provide by-pass protection in the
event of a cell-open failure. One segment of the array ié
normally shorted out by a switch. The switch qill be opéned,
adding the segment to the array; in the event ofla cell failure
(opén‘or short) or a zener short. The failufe of a zener diode
open will not cause the array voltage to exceed the regﬁlétion
tolerance., . Since the ;equired area for this supply is small, the
cells and zener diodes will be mounted on the sun-facing surface
of the electronics package. The shorting relay located within
the package is controlled by on;board logic consisting of a

voltage reference and comparator.

Low Power Thruster Supplies - The vaporizers, keepers, and heaters

are powered through conventional power conditioning circuitry
located in the electronics package. Figure 4.9.6 is a block
diagram of therthrﬁster power systém. These low power suppliés
are magnetic amplifier controlled and driven from a single
inverter. In order to minimize the required electronics, the
invérter is supplied from the regulated housekeeping ﬁus rather
than the unregulated experiment bus; ‘A siﬁgle heater supply is
switched between the neutralizer and cathode heateré since they do
not operate simultaneously. The start voltage for the cathode and

neutralizer keepers is supplied from the HVSA accelerator supply
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in order to eliminate a second output on the keeper supplies.
The HVSA screen supply, rather than thé accelerator, can be
used for the keeper start if a higher:voltage is required.
The normal engine start-up commands ﬁill_be used for switching

the supplies to the various loads during the start-up sequence.
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4.10 Solar Array Orientation Mechanism (SAOM)

System Description - The solar érrays are orientéd with respect
to the spacecraft center body by the SAOM. Power ié transferred
across this rotating interface by means of Liquid Metal Slip
Rings (LMSR). The SAOM is a single ended device and two ére
required for the spacecrafg. One electronics assembly will
drive and control both SAD&S.- _

The SAOM basically consists of a stepper motor (1.8°/step),
single pass gear pair, and harmonic drive resulting in output
steps on the order of 0.005°. Position is determined from an
optical encoder, a.multisegment disk with a light emitting
dicde-photo transistor excitation-sensor combination. The disk
is mounted on the motor shaft te give the required resolution.
Drive eiectronics consist of a crystal.oscillator/frequency
divider/down counter system stepping power to the appropriate
motoy field coils. Thé SAOMS will be driven synchronously.

In normal synchronous orbit operafiqn, the SAOM will be

operated open loop at one revolution per day. The SAOM can be

operated at 1 and 20 revolutions per day, as required, by
command. The control electronics have provisions for varying
the speed continucusly from 1 to 20 revolutions per day as

required by mission operations; this will require a control
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input from an external soufée. The SAOM is capablé of
bidirectional operation.ﬂ

The SAOM design does not incorporate any mechanical
redundancy. The final design is to be subjected to a life
test to.verify correct choice.of méterials, lubricants, and
components. Redundancy is employed in the drive circuitry.
The SAOM system is designed for 2 yeafs ground storage and 5
years operational life.

Ten commands are required to operate fhe SA0Ms and
asgociated electronics in the desired modes. The commands
cqnsist of the following:
Eiectronics power on
Electronics power off
Rate 1 rpd
Rate 20 rpd
Rotation forward
Rotation reverse
Drivers primary
Drivers backup
Open loop operation.
Closed loop operation
Data required from the SAOM system is:

Encoder output (1 each SAOM) : 2 digital
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Temperature (4 each SAOM) : 8 analdg

Motpr current (1 each SAQM) : 2 flag
The drive electronics will be containéd in a separate box.

The LMSR assembly will be attached to the SAOM and will be
part of the power transfer system for the spaéécréft. _The LMSR
_concept has been under study and development for a number of
years (approximateiy 3 years of devefopment were funded by LeRC)
and the shaped flat blade-cup electrode configuration has been
the most successful. This coﬁfigu:ation is being employed.
Fifty slip rings are being used in Lach of the two assemblies.
There is redundancy in both the ring and brush electrodes;
there are ﬁultiple brushes per ring and power and signals are
carried in parallel over redundant rings.. The LMSR will be
life tested simultaneocusly with the SAOM.

Weights for the SAOM/LMSR system are:

LMSR: 1.5 pounés each or 3.0 pounds total

SAOM: 5.0 pounds each or 10.0 pounds total

Drive electronics: 3.0 pounds

thal power transfer system weight: 16.0 pounds
The drive electronics package is approximately 50 cubic inches in
volume (4x4x3 inches). The SAOM/LMSR assembly is 7.0 inches in

diameter by 6.0 inches long (excluding connectors).
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Power consumption is:

Each LMSR: none

Each SAOM: 1 watt average ;t 1 rpd (10 watts peak/step)
6 watts average at 20 rpd

Drive electronics: 4 watts continuously

Summary: 1 rpd: 6 watts

20 rpd: 16 watts

Power Slip Rings - Most spacecraft cohfigurations that can be
envisioned for providing large aﬁoun;s of dc¢ power require the
transfer of this power across a rotafing interface. The transfer
of eiectrical power across rotating interfaces in a spacecraft is
typically accomplished with the well known.brush—on-ring assembly
!

ih which a spring loaded, electgipally conductive brush on one
member rides against a precious metal ring in the other member.
Such éystems are well developed and are being used with remarkable
success. -

The concept of tramsferring electrical power between
concentric rings bridged by the liquid metal mercury has been

known for several years. Slip ring devices employing this

concept are available commercially.
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Advantages of Liquid Metal Slip Rings - Liquid metal slip rings

provide several advantages over conventional brush-on~-ring types.

1. Breakaway friction is/eliminated, thus, greatly easing the
attitude control problem for the spacecraft.

2, Extremely low interface (contact) resistance is obtéined 80
power loss in the_slip rings is negligible, even with currents
over 100 amperes,

3. Electrical noise due to variation‘in contact resistance can
be a small fraction of a microvolt with currents of 100 amperes.

4, There is no wearout mode.

A sketch of a liquid metal slip ring is shown in figure 4.10.1.

Hughes Alrcraft Compény and the General Electric Company have
completed an experimental liquid metal slip ring development
project for NASA Lewis Research Center. The projects include
material selection experiments and the design and testing of
assemblies in high vacuum. Gallium was used as the liquid metal
because its very low vapor pressure makes evaporation negligible
even at high vacuum, and because its melting point is 30°C (86°F),
which permits freezing of the liquid metal for retention in the
slip rings during transportation and iaunch. The galliﬁm is
readily retained in the slip rings by capillary forces against
expected low in-orbit accelerations. The projects have demonstrated

that the low interface resistance and electrical noise can be
obtained with wetted electrodes, and have indicated that electrodes
of nickel and stainless steel are compatible with gallium,
Retention of the gallium by capillary forces at one gravity in

a vacuum is readily accomplished by design.
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5.0 PROGRAM PLANNING
5.1 Introduction

The Lewis Research Center has the unique experience and
capability to design and engineer eléctric propulsion systems
which employ the mercury bombardment ion.thruster. Two prior
flights, SERT I and II, have demonstrated the LeRC's ability to
plan and implement low cost, value engineered spaceflight thruster
érojects. Additional expertise has been developed in the
management of the SPHINX and CTS projects.

Support facilities, uniquely designed for ion thruster
system optimization and performance testing, coupled with a large,
high vacuum chamber dedicated to spacecraft tﬁermal vacuum
testing, facilities to dyﬁamically test spacecraft structures
and a ground station with a 15':diameter dished antenna for
spacectaft communications give the LeRC the in-house capability
to fully support spaceflight efforts at whatever level is required
to round out the program while remaining within planned budgetary
limits.

Internal SRT programs in ion thruster, solar cell, battery,
LMSR, and HVSA technology will support the subsystem component
development aﬁd éupply experimental devices to this project.

Support for the SERT D project will be drawn as needed from

the Space Flight Programs Directorate with the cooperation of the
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Space Technology and Maferials Directorate. Ancillary support will
be provided by Engineering Design anduDrafting groups, machine
shops, R&QA, Procurement and Tecﬂnical Services groups as required.

The full resources of the LeRC can be utilized to bring this

project to a successful conclusion.

Facilities

LeRC is equipped to perform environmental tests to simulate
launch and space environments on spacecraft, subsystems and
separate components.

The spacecraft equipment includes a 28,000 pound electrodynamic
system for sine and random vibration in three axis (5 to 2000 Hz)
and a RF shielded enclosure (12' x 20" x 8' high) for electro-
magnetic tests.

For subsystems and components, alvariety of addirional
equipment is available for simulating'space environments. This
equipment is listed below with some general parameters.

1. Vibrators - 1500, 3000, and 6000 force pounds

2. Shock machine - 150# at 400 g; 50# at 10,000 g

3. Accelerator (centrifuge) 200# at 100 g; - 65° C to 85° G at
1 torr vacuum ’

4. Solar simulators - one and twe Xenon arc lampé

5. Corona tester * 40 kV

6. Temperature and humidity chamber 3' x 3' square -100°F to

+500° F 20% to 95% R.H.
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Gas analyzerf- Quadrupole 1 - 500 AMY
Hydraulic/pneumatic pfessure-— to 3600 psi .
Vacuum over 1 x 10-® torr at 800° C; (65° - 800° C).

Thermo wvacuum

a. 18" diameter x 28" high -185° C to 175° C; 1 x 1078 torr

b. 28" diameter x 48" long - 1 x 10710

torr -185° C to 175° C
c. 40" diameter x 54" long - 760 torr to 9.6 x 104 in 100 sec;
vibration (4000#); -175° C to 175° C (launch and ascent

simulation simultaneously)

d. 5" diameter x 6' long -300° F to 250° F; 1 x 1078 torr

Table 5.2.1 lists representative LeRC vacuum test facilities.

The two largest vacuum chambers, shown in figure 5.2.1, unique

in their size and capacitj, are described in detail in Appendix D.



TABLE 5.2.1 -

TANK #1

TANK #2

TANK #3
TANK #4
TANK #5
| TANK #5N
TANK #6
TANK #7

BELL JARS

LeRC ION THRUSTER TEST FACILITIES

9" DIA, 16" LONG, 3 ACTIVE PORTS, 4 - 32'' DIA DIFFUSION

PUMPS, LN, LINER
3% X 7', 2 ACTIVE PORTS, 2 - 32" DIA DIFFUSION PUMPS

5' DIA, 16' LONG, 3 ACTIVE PORTS, 4 - 32" DIA DIFFUSION
PUMPS, LN, LINER

5' DIA, 16' LONG, 3 ACTIVE PORTS,, 4 - 32" DIA DIFFUSION
PUMPS, LN, LINER

15' DIA, 70' LONG, 3 ACTIVE PORTS, 20 - 32" DIA
DIFFUSION PUMPS, LN, LINER

5' DIA, 8' LONG, VERTICAL, ONE PORT, 1 - 14!, 1 - 10"
DIFFUSION PUMP, LN2 LINER |

25' DIA, 75' LONG, 6 ACTIVE PORTS 22 - 32'* DIFFUSION
PUMPS, LN, LINER

10° DIA, 25' LONG, 1 ACTIVE PORT 6 - 32'' DIFFUSION

PUMPS, LN, LINER

24 BELL JAR TEST FACILITIES EXIST FOR COMPONENT
DEVELOPMENT AND DURABILITY TESTING

€LT
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(a) 25-Foot-diameter tank.

(b} 15-Foot-diameter tank.
Figure 5,2,1 - Vacuum facilities.
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Master Phasing Schedule

The;SEgT D spacecraft test program will be carried out on
three (3) models: (1) A Dynamic/Thérmal Model, (2) An Engiﬁeering
Model, and 23) A Flight Model. K

(1) The Dynamic Model will be a fuli-scale structure in which
mass dummy components will be mounted. Vibration, shock and
;ccéleratidn testing will insure t?e adequacy of the structure;
and will supply dynamic response data at the subsystem locations
providing important subsystem design criteria.

After mechanical testing, the Dynamic Medel will be converted
to a thermal spacecraft by replacing the mass dummy components
with thermal models. Seolar simulation testing will then verify
the spacecraft thermal aéalysis and control system. The Thermal
Model will élso be used to demonstrate the capability of a facility
to provide the proper thermal vacuqm_environment for later tests
on the Engineering and Protoflight Models.

{(2) The Engineering Model will then be tested. The spacecraft
will be an electfically functioning spacecraft. The thermal
control system and mechanical'configuration will be identical to
flight hardware. This model will be tested to demonstrate system
compatibility and complete operational capability. A thermal
vacuum integration test will be performed to demonstrate proper

operation of all spacecraft systems over the entire qualification
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temperature range in vacuum. All spacecraft subsystems will be
qualification tested during this phase of the program. |

Among the system tests to be performed on the Engineering
Model will be an Electromagnetic Interference Test, Antenna Range
Test, Telemetry System Tests and Magnetic Moment Measurements as
well as Spaceflipght Tracking and Data Network Compaﬁibility tests.

The Engineeri?g Eode; spacecraft will not include'an |
operational solar array. A similar solar array will have been
flight qualified on the Communication Technology Satellite (launch
1975). Testing on a subsystem level, however, will be perfofmed
during the SERT D program,

(3) The Protoflight Model will be a complete £light
gpacecraft including the flight solar array system. Protoflight
level testing will be perférmed on this model. All subsystems
will be acceptance tested prior te installation in the Protoflight
Model spacecraft. The Protoflight Model will be subjected to
qualification loads for flight durations. In addition, mass
properties, static and dynamic balancing and alinement measurements
of critical surfaces and components will also be made.

Launch site tests will demonstrate readiness for laupch and
flight. Launch vehicle compatibility and alinement measurements,
power, data and tracking system tests will be conducted.

The project schedule for SERT D is shown in figure 5.3.1.
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To‘support a launch in late 1977 would reqﬁire commitment of
resources, primarily manpower, and associated IMS funds, prior
to project approval. Mbdest:amounts of R&D fundiﬁg should be

made available also to initiate procurement of critical

components for engineering evaluation.
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MILESTONES J[F tailalylals o[n]o]s [Fiulalv] o] s]a]s]o[n]o] s]F[u[alm]o] o] alsToIN]o | [ Ifalm] o To [a]s[oln[o s e IM[alM] o [o]a]s o nfe
! Mission Definition Approved Y
2 8/C & Subsystems Defined
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0 Subsystem Design

L 5/C & Subsystem Des. Review
12 SOW/RFP Preparation (1)

13 | PFP Released & Procure. Cycle

4 Contract Fab, & Ass.

15 Subsystem Testing

16 In~House Fab. & Ass,

17 System Integration Testing

Des. Rev.
19 End. Mod. Testing

2 | Design Update
NOTES

(1) SERT Procurement Office Establighed Beginning FY 75
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NOTES

(2) Represents earliest possible launch with no schedule contingency
More realistic launch providing schedule contingency would be late 1977 or early 1978
Schedule contingency and launch date dependent on support provided prior to project approval
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5.4 Manpower and Cost Estimates

The cost elemenfs used to determine the estimated program
cost are given in Tables 5.4.1 and 5.4.2, Subsystem cost estimates
were developed by considering manpowex requiréments, contracted and
in-house R&D, IMS support and new facility requirements. A
description of the cost elements used ‘in preparing the tables is

as follows: v

Manyears - Manpower requirementé are presented for the three phases
of the total program. These include an approximate one year period
prior to project approval, a three to four year period from project
approval to launch (project) and a poét-launch periqd of five years
duration. In determining R&D and R&PM resources, fhe project and

- post-launch manpower estimates are considexed sepérately.

}

Hardware - Contracted R&D was subdivided into the areas of development,
structure, and thermal model fabrication, engineering and proto-

_type hardware and ground support equipment (GSE) costs.

In-House Direct Research - This category includes test,

instrumentation and hardware items which are project specific and
which are required for subsystem in-house testing. This effort
will permit more definitive definition of the hardware purchased

for the engineering and protoflight spacecraft.
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Unique IMS - This category includes IMS project support as defined
by FY 74 RTOP guidelines supplied by NASA Headquarters. It
includes suqh_items as liquid nitrogen, computer services, other
facility support, instrumentation, outside fabrication, materials,

etc.

Facility ~ These costs cover on-site facility modifications or
additions needed to meet subsystem specifications and test

requirements.

Other costs such as IMS base support and R&PM personnel and IMS
base support were calculated using the prescribed FY 74 RTOP
guidelines, These formulas are shown in the headings of table

5.4.2

Project Totals - A contingency of 20 percent as well as an

estimate of the affect of a yearly 5 percent inflation adjustment
were added to the net R&D and total program costs. The latter

estimate presumed an expenditure rate distribution of project

dollar amount shown in tables 5.4.1 and 5.4.2. The expenditure

rate distribution assumed is shown in the following table.
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YEAR PERCENT OF INITIAL DOLLAR PERCENT INFLATION OF

INITIAL DOLLAR
ESTIMATE EXPENDED ESTIMATE EXPENDED
P
1 10 5
2 40 10
3 40 15
4 10 20

The project costs resulting from application of the above factors
are shown in table 5.4.3. These costs represent those traditionally

reported as projéct cost from project approval to launch.



TABLE 5.4.1 - SERT D MANPOWER/COST ESTIMATES (DOLLARS IN THOUSANDS)
(MANYEARS AND R&D)

MANYEARS HARDWARE In Housa NET
Subsyatem Prior Project Post Dev  Stru/Th Eng Proto GSE Contract Direct RAD
PP Launch flight Total R&D
THRUSTERS 2 20 6 0 0 160  4BO 0 640 0 640
PPU 1 10 5 0 0 300 1350 0 1650 0 1650
HYBRID P.C, 2 12 2 70 ] 195 210 a5 510 ] 510
SOLAR ARRAY 3 25 2 140 0 546 1014 50 1750 0 1750
SAOM/LMSR 2 12 1 100 0 150 300 50 600 30 630
ATTITUDE CONTROL 12 48 2 0 0 1020 1212 60 2292 180 2472
POWER SYSTEM 1 18 1 65 0 254 505 15 839 0 839
BATTERIES (Ni-Cad) 0 5 0 0 0 20 60 0 80 0 80
TT&C 3 43 28 0 0 689 816 210 1715 0 1715
'STRUCTURE 7 12 0 0 30 30 40 0 100 0 100
- THERMAL : 2 14 2 0 5 10 15 0 30 0 30
v 3 1 8 } 5 200 0 2000 400 120 920 7 50 970
RADAR 8 ‘ 350 ] 325 650 100 1425 50 1475
MISSION ANALYSIS 6 12 5 455 0 0 0 0 455 0 455
' BATTERY EXP (Ag=Zn) O 5 0 ] 0 20 60 0 80 0 80
$/C DESIGN 2 32 0 0 0 o 0 0 0 0 (]
S/C INTEGRATION 2 60 5 0 0 1 0 50 50 0 50
§/C TEST 0 30 5 0 0 0 0 75 75 ¢ 75
APOGEE MOTOR 0 IA o 0 ] 50 100 0 150 0 150
CONFIGURATION 1 46 373 69 13380 35 3949 7152 765 13281 310 13591
(LESS BAT EXP) _ h
CONFIGURATION II 46 370 67 1030 35 3644 6562 665 11936 260 ' 12196
(LESS RADAR) :

€81



Subsystem

THRIJSTERS

PPU

HYBRID P.C.

SOLAR ARRAY

SAOM/LMSR

ATTITUDE CONTIROL

* POWER SYSTEM

BATTERIES

TT&C

STRUCTURE

THERMAL

v

RADAR

MISSION ANALYSIS

BATT, EXP (Ag-Zn)

S/C DESIGN

5/C INTEGRATION

s/c TEST

APOGEE MOTOR

CONFIG I (less
batt)

CONFIG 11 (less
radar)

TABLE 5.4.2 - SERT D MANPOWER/COST ESTIMATES (DOLLARS IN THOUSANDS)

IMS

Unique

120
20

oo o 0 O ©

50

400

400

200

1190

1190

IMS Base
‘ Support
10K/  (2.4xMY)
MY Proj Post
Launch
200 48 14
100 24 12
120 29 5
250 60 15
120 29
480 115
180 43
50 12
430 103 67
120 29 0
140 34 5
80 19 12
BO 19
120 29 12
50 12
320 77 0
600 144 12
300 72 12
40 10 0
3390 896 175
3360 889 170

Total Project Cost

R&D .
Resources
Proj Post
Launch
1008 14
1794 12
659 5
2060 15
779
3067 5
1062 2
142
2248 67
249 0O
604 5
1069 12
1574
1004 12
142
397
7% 12
647 12
200 0
19357 175
179;5 170

Personnel
(31.7xMY)
Pro} Post
Launch
634 190
317 158
380 63
752 63
a0 . 32
1522 63
571 32
158 0
1363 888
380 0
444 63
254 158 .
254
180 158
158 a
1014 0
1902 158
951 158
127 0
11823 2184
2121

11727

IMS Base Sup
(2.9xMY)
Proj Post

Launch
58 17
29 14
35 6
72 6
35 3
139 6
52 3
14 .0
125 81
a5 0
41 6
23

23
35 14
14 0
93

174 14
87 14
12 0
1082 198
1073 192

R&PM Resour
Pro} Post
Launch
640 208
346 174
415 69
864 69
415 35
1661 69
. 623 35
172 0
1488 = 969
415 0
485 69
277 1712
277
415 172
172 0
1107 0
2076 172
1038 172
139 0
12853 2385
12748 2313

Total
Fa- Project
cil« Dollars
ity Proj Post
Launch
0 1648 222
0 2140 186
0 1074 74
0 2924 84
0 119% 37
100 4828 74
0 1685 37
0 314 0
0 3736 1375
0 664 0
0 1089 74
0 1346 184
0 1851
0 1419 184
0 314 0
0 1504 0
0 2870 184
0 1685 - 184
0 339 0
100 32310 2560
100 30773 2483

781



TABLE 5.4.3 - PROJECT SUMMARY COST ESTIM%TES

SPACECRAFT CONFIGURATION I
Net R&D

Total Project

SPACECRAFT CONFIGURATION II
Net R&D

Total Project

THOUSANDS
18,348

43,618

16,536

41,545

185
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A APPENDIX - DIRECTLY REGULATED HOUSEREEPING ARRAY
i :

Direct regulation of the SERT ﬁ housekeeping golar array by means
of shorting switches offers several advantages over more conventional
regulators. The regulation électronics, which consists of shorting
transistors, control logic, and sensor, is light wéight and has low
power dissipation. Highrsygtém reliébility is easily obtainable with
redundant logic and sensors and the use of quad transistors. Figure
A-1 is the schematic of a four panel direct regulated housekeeping array.

Efficient mechanization of this system for SERT D requires
modification of the soiar panel layout froﬁ a basic panel length of 9
cells (CTS layout) to a panel length of 8 cells. Panel width remains
ﬁnchanged. This change removes 54 unneeded cells from the pénel and
greatly simplifies array segment tapping for regulation. The proposed
cell layout is shown for a single panel in figufe A-2., As shown, the
basic cell block width has been doubled to six cells in paréllel. Again
to reduce wiring complexity. In addition, the blocking diodes have been
moved out onto the array. A suitable diode the size of a 1x2 solar
cell is being tested for the Air Forcé. It is intended for use on
flexible arrays undef synchronous orbit conditions.

Aé shown in figure A-1, each panel requires eight_leads from the
cells to the diode board. To reduce hérness'weight, it is proposed
that the array segments be paralleled on the array, rather than at

the diode board. This can be done since each panel contains its own
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blocking.diode. The diodé board will COnfain ﬁhe shorting ﬁrapsistors,
the control logié and the sensor. Only the bus leads will be bfought
across the slip rings.

Solar array panel weight will not change significantiy, since the
added wiring and Ehe blocking diode are off set by tﬁe femoval of 54
solar cells. The weight of the control electronics, mounted on the
array diode board, is estim&ted_to be three pounds for é fully
redundant system.

Because of weight restraints with SERT D, the light weight
estimate for the.direct solar array.regulétor makes it quite attractive.
Also, its low power dissipation gives it mn advantage over other types

of regulators.
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B APPENDIX - PRDPOSED USE OF SILVER-ZINC BATTERY FOR SERT D

On the basis of cycling and net life data obtained over the past
four years, the silver-zinc cell developeh'by NASA has the capability
of performing the number of cycles requirgd for the proposed.five year
SERT D mission in synchronous orbit. Ceils cycling after four years of -
net life also attests to the operating I;fetime.

The cell proposed for the SERT D spacecraft is a silver-zinc cell
based on the design of the 40 AA cell developed for the Viking Lander.
70 watts for the housekeeping chores for SERT D requires a 6 amp hour
cell. Design parameters for this cell are shown in table B-1. The
average discharge current is 2.7 amperes or about the C/2 rate. 12 amp
peak power pulses should be noﬁproblem. At the maximum eclipse periced,
3.24 ampere hours are used from the cell, a 54 percent depth of
discharge. To provide 26 volts, 18 cells are réquired operating at an
average discharge voltage of 1.44 wvolts pe; cell. The cell weiéht is
calculated to be at most .45 lbs/cell or about 9.5 lbs. per battery
including case, A redundant battery is proposed which will be stored
open circuit at low temperature. The battery will be composed of 2
s;rings of 9 cells each, For best results it should be operated between
10 and 20°C. It can operate between 0 and 40°C and withstand temperatures
between -40°C and.+65°C. It is anticipated that the battery will be
on line at open circuit during the entire mission and will be used

during sunlight periods for pulsing peak power and for housekeeping
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during eclipse periods. The battery will be charged after each use at
constant current to a preset veoltage limit.at which time the current
will taper to a preset limit. At this point the battery will be
switched to open circuit. This charging technique is used on the Imp
and OAQ series of satellites and is called a 2 step voltage limiter.
The rate at which the battery should be charged after each use should
be af the 10 hour rate or about .325 amps based on maximum discharge
depth. The 1ow current 1eyel after taper at which the cell should be
switched to open circuit voltage will have to be determihed in tests
to prevent overcharging. The voltage will alsé be protected by a

cutout to prevent overdischarging and revérsal of cells.
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TABLE B.1 -Ag Zn CELL - 6 AMP HOUR CELL

OPEN CIRCUIT VOLTAGE
CLOSED CIRCUIT . VOLTAGE
MAXTMUM CHARGE VOLTAGE
MINTMUM VOLTAGE

AMP HOUR‘EFFICIENCY

WA?T HOUR EFFICIENCY
CAPACITY RETENTION (1 YR)
DPTIMUM OPERATION

USEFUL OPERATION

HEAT EVALUATION *

WEIGHT/CELL

* Approximate numbers can

ol
]

where

o B W W o =]
[ |

LI

4.186

1.86

A l.44 @ 2,7 Amps
1.96 + .01 Volts/Cell
1.25

~s100%

~70%

85%

10-20°C

0 - 40°C

to be determined
(charge & discharge)

~.45 1bs

be obtained from the equation
(Ergy - E} I + KIT

watts of heat

voltage

amperes

4,186 AS/F

°K

Cal/g-equivalent °K (or entropy units)
conversion factor - caloriés to joules
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C APPENDIX - NICKEL-HYDROGEN BATTERY EXPERIMENT

(COMSAT proposal submitted by James Dunlop, Manager of Energy Storage,
Physics Laeboratory, Applied Sclences Division, COMSAT Laboratories)

OBJECTIVE

Wi/Hp batteries offer several potential advantages compared with
Ni/Cd batteries as a sealed secondary battery fbr satellite gapplications.
The two masjor advantages asre significant improvements in both energy
density and cyclic life expectahcy.

With the greater cyclic 1ife expectancy of the Ni/Hg battery, it is
feasible to use battery power daily on a twelve or twenty-four hour cyclic
baglies for synchronous satellites with life expéctanCy of ten years. Tﬁe
adoption of this energy storage concept combingd with an electric thruster
for north-south station keeping offer g number of advantages which sre
described in a COMSAT Technical Review (CTR) note entitled "Battery Powered
Electric Propulsion for North-éouth‘Station Keeping,"

; L
SYSTEM DATA
GENERAT, .
The Ni/Hp battery is to be designed to operate with one SERT D thruster.

PABIE C-1. - System Definition

One SERT D Thruster, power required, including
power conditioning to the thruster 153 watts

Operating Time for Thruster 1.4 hours

Energy Requirement 214 watt-hours
Bus Voltage (regulated) 28 volts +1 volt
Thruster Duty Cycle ¥ optional
once per day
twice per day
*The thruster duty cycle for the four per day

battery powered thruster is limited
only by the sclar array power available
to recharge the battery.
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CELL DESTGN

Lightweight Ni/Hz celis which are currently being built for extensive
critical item and flight acceptance testing are of four types with differ-
ent energy densities.

1. Conventional aerospace nickel hydroxide electrodes - 30 mils thick

Inconel 625 pressure vessel
2. Conventional aerospace nickel hydroxide electrodes - 30 mils thick
Lightweight pressure vessel

3. Thicker aerospace nickel hydroxide electrodes made specifically

for the Ni/Hg cell - 40 mils thick In?onel 825 pressure vessel

4. Thicker aerospace nickel hydroxide eléctrodes made specifically

for the Ni/Hz cell ~ 40 mils thick lightweight pressure vessel

Figure C-1 shows the energy density for each of these cells as.a
function of the energy stored for a complete discharge to 1.0 volt.

BATTERY DESIGN

The Ni/Ho battery would comprisb a number of cells connected in series
To meet the energy reguirements, one can vary the number of cells, the
energy stored in each cell, the depth of discharge, and the efficiency of
the de/dc converter used with the battery Table C-2 shows how these
variables influence the number of cells used for the battery and the effects
on the energy density of the cells.

As the number of cells used in the battery is increased, the energy
density of the cells and the battery decreases as shown in
figure C-1. With the improvements in efficlency of power conditioning

equipment available today, 1t is reasonable to use few cells in series
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and boost the voltage on discharge to the desired bus voltage to achieve
higher ener%y density for the energy storage gyatem. The effect of bvattery
voltage on dc/dc Iconverter efficiency is shéwn in figure C=2. With the
Ni/Hp system it is also reasonable to use 70 to 80 percent depth of dis-
charge. Therefore, for the se system requirements, the 66 wati~hour cells
currently being built are selected for the battery design. The character-
istics of a mumber of batteries using the 66 watt-hour cells are given in
Tables C-3 through C-8. i

As shown in Tables C~3 and C-4, the DOD (depth-of-dischargé) has a
significant im@act on the usable energy density supplied By the energy
storage system. Boiler plate cells (Szlampére-ﬁour or 66 watt-hours) have
already demonstrated on cyclic testing over 850 cycles at 75 percent DOD
to date (see fig. C=3).

The sdvantage of Increasing the number of cells in series to obtain
higher battery voltage, and hence dc/dc conﬁerter efficiency, is not
practical because of the loss in energy density as shown by comparing
Tables C-3 and C-6 system energy'densify values: One other approach is
to use a bipolar stack arrangemeht or multicell design within esch preésure
vessel. However, there is no experimental program presenﬁly under way to
explore this approach and many potential problems do exist relating prin-
eipally to electrolyte management.

66 WATT-HOUR CELI, CONFIGURATION

A detailed drawing of the Ni/Hg cell configuration is shown in fig-
ure C-4. The pressure vessel is designed with a safety factor of 1.5 oper-

ating over a pressure range of 100 to 600 psig. The case material is
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Tneonel 625. The standard 30-mil thick nickel ﬁydroxide electrode is
shown in figure C-5. Outside dimensions would be exactly the same for
the 40-mil electrode. E

A welght breakdown of the individual éell components is presgented
in Table C-7, which includes both the Inconel can and lightweight
beryllimmsnickel can using 30-mil thick nickel hydroxide electrodes.

See Table C-7.

Inconel pressurg vessels of the design have been fabricated and
are currently under test. The lightweight beryllium-nickel pressure
vessel 1s a more advanced design (proprietary with COMSAT Laboratories).
Preliminary investigations of hydrogen embrittlement, corrosion in KOH,
fabrication and weldability and yield stfength show this material to be
very promising.

BATTERY CONFTGURATION WITH £6 WATT-HOUR CELL

Since each individual céll is self-contained, the packaging of fhe
cells into a battery is primarily a function_of the spacecraft configura-
tion, weight distribution and heat transfer considerstions. For example,
the cells could be uniformly positioned around the periphery of the
spacecraft. They are designed with one feedthrough for the positive elec-
trode with the negative electrode connected to the casge; therefore, the
case must be insulated from a common ground. This design can be changed
to include two insulated feedthroughs if desirable.

To allow for a cell fallure, either oﬁen cifcuit or short circuit, it

may be desirable to provide a bypass dicde circuit arrangement for each

cell.
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PROPOSED 5-CELL BATTERY FOR SERT C ¥FFICIENCY

1Thx=l-. vatt-hour efficiency for ?:he nickel hydrogen cell itself is
between 80 and.é5 percent. The efficiency of a defde converter for
battery discharge is Included in the deslgn presented. For the 5-cell
battery the efficiency of a dd/dc converter with a fixed gain is 82 per-
cént.

CHARGE-DISCHARGE CHARACTERISTICS
- Por an individual cell, the charge-discharge voltage is shown in
figure C-6. On discharge the voltage goes from 1.35 volts to 1.15 volts.
Initially the EOD voltage is higher, 1.23 volts; 1.15 volts 1s estimated
as the EOD voltage after several thousand cyclés.

Using a fixed gain dc/dc converter the voltage on discharge would
vary from approximately 30.5 volts te 26 volts, 1.35 to 1.15 volis- per
cell. ﬁ

Either constant current or constant voltage charging methods are
possible and depend on the overall system considerations. Constant cur-
rent charging is desirasble for a fixed duty cycle and charging time. The
charging current would be selected to provide approximately 20 percent
of ampere-hour overcharge. IT constant voltage 1s selected to charge
the cells, it is probably desirable to use a pressure switch sensing
the hydrogen preésure to terminate the charge. Sinée pressure is an
indication of the state-of-charge, this approach is feasible and does
represent another potential advantage for the nickel-hydrogen cell.

LIFE EXPECTANCY
Nickel hydrogen boilerplate cells have already demonstrated ovef

3000 cycles in an accelerated test still in progress. At one cycle per
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day the life expectancy at 70 to 80 percent DOD is still not defined,

but three—tp five-year operation in terms of smpere-hour turnover has
been demonstrated. Within the timeframe.of tﬁis proposed experiment it
is possible to completely demonstrate on a resl-time baéis the cyclic
life and performance characteristics of prototype célls.
| ENVIRONMENTAL LIMITS
The desirable tempersture rangé for nickel-hydrogen is similar to
nickel cadmium cells. We haﬁe demonstrated performance suffiéieﬁt to
meet these system requirements between the teﬁperature limits of 25° €
to -10° C.
The 66 watt-hou: cells are designed to meet the shock and vibration
specification for ATS-F.
If all five cells are positioned in series, the dimensions are
8.9 cm X 44.5 em X 22.5 cm.
DEVELOPMENT SCHEDULE.
The development schedule for the S-cell Battery is shown in fig-

ure C-7,



TABLE C-2. - THE EFFECTS ON THE NUMBER OF CELIS USED FOR THE BATTERY AND ON THE ENERGY

DENSTTY OF THE CELLS DUE TO CHANGES IN THE ENERGY STORED IN EACH CELL, THE

DEPTH OF DIECHARGE, AND THE EFFICIENCY OF THE dc/dc CORVERTER

kumber of Converter*loepth of | Total Cell Cell Energy Density (Wwh/kqg)
Cells in [Efficiency Pischarge| Energy Energy _Standard Plates | 40 M1l Plates '
Battery (%) (%) {Wh) (wh) Incone a-Nickel |Inconel [Be-Nickel]l

4 79.6 60 449 112 65.7 80.8 67.7 83.7

70 385 96 64.7 80.0 66.7 82.8

80 336 B4 63.9 79.2 65.8 81.9

5 Bl.7 60 437 - 87.5 64.2 79.5 66.1 B2.2

70 375 75 63.0 78.4 64.8 81.0

80 328 66 62.0 77.4 63.8 79.9

6 83.1 60 430 72 62.7 78.1 64.5 80.6

70 368 61.5 61.4 76.8 63.1 79.2

80 322 54 60.1 75.5 61.8 77.9

7 B4.0 60 425 61 61.3 ©76.7 63.0 79.1

70 364 52 59.7 75.1 61.4 "77.5

80 319 45,5 58.3 73.7 59.8 75.9

8 84.8 60 421 53 . 59.9 75.3 61,6 77.7

. 70 361 45,5 58,3 73.7 59.8 75.9:

80 316 39.5 56.7 72.1 58.1 74.2

*1 The efficiency of a DC/DC converter as a function of input voltagé is shown
in Figure 2. | I. i l
1
1 1 I 1

661



TABLE C-3 - CHARACTERISTICS OF A Ni-Hs BATTERY WITH 5 CELLS, 66 Wh EACH

5 cells, 66 Wh each

DOD : BO0%

@it e = s e+ b el e 2 2mrem

)

— 40 Mil Plates

[ Standard Plates
inconel |Be-Nickel|lnconel |Be-Nickel
Cell Weight (g) 1066 854 1040 830
Cells
Total Weight (g} 5330 4270 5200 4150
Energy Density (Wh/kg) 40.1 50.0 41.1 -~~~ 51.5
(usable)
Battery _
Total Weight (g) 5860 4700 5720 4565
Energy Density (Wh/kg) '36.6 45.7 37.6 47.0
System
Total Weight (g) 6560 5400 6420 5265
Energy Density (Wh/kg) 32.6 39.6 33.3 40.6

s it

00¢



TABLE C-4 - CHARACTERISTICS OF A Ni-H,

BATTERY WITH 6 CELLS, 66 Wh EACH

DOD : 65%
[ Standard Plates I0 MiT Plates
Inconel |Be-Nickel| Inconel Be-Nickel

Cell WEighF (g) 1066 854 1040 830
Cells _

Total Weight (g) 6396 5134 6240 4980

Energy Density (Wh/kg) 33.4 41.7 34,3 43.0
Battegx

Total Weight (g) 7060 5650 6865 5480

Energy Density (Wh/kg) 30.3 37.9 31.2 39.1
sttem

Total Weight (g) 7760 6350 7565 6180

Energy Density (Wh/kg) 27.6 33.7 28.3 ~ 34.6
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TABLE C-5 - CHARACTERISTICS OF A Ni-H,

BATTERY WITH 8 GELLS, 45.5 Wh EACH

DOD : 70%
Standard Plates 40 Mil Plates
Inconel [Be-Nickel| Inconel Be-Nickel
Cell Weight (g) 780 615 760 600
Cells
Total Weight (g) 6240 4920 6080 4800
Energy Density (Wh/kg) 34.4 43.5 35.2 44.6
Battery
Total Weight (g) 6865 5410 6690 5280
Energy Density (Wh/kg) 31.1 39.5 32.0 40.5
System
Total Weight (g) 7565 6110 7390 5980
Energy Density (Wh/kg) 27.9 35.0 29.0 35.8

z0¢



TABLE C-6 - CHARACTERISTICS OF A Ni-H, BATTERY

WITH 16 CELLS, 24 Wh EACH

DOD : 70%'
Standard Plates 40 Mil Plates
Inconel Be~Nickel { Inconel. Be-Nickel
Cell Weight (g) 483 370 465 354
Cells
Total Weight (g) 7728 5920 7440 5664
Energy Density (Wh/kg) 27.7 36,2 28.8 37.8
Battery
Total Weight (qg) 8500 6510 - 8185 6230
Energy Density (Wh/kq) 25.2 32.8 26.2 34,4
System
Total Weight (g) 9200 7210 8885 6930
Energy Density (Wh/kg) 23.2 29.7 24,1 30.9

€£0¢T



TABLE C-7 - WEIGHT BREAKDOWN OF TWO 66 Wh ‘ 204

CELL CONFIGURATIONS

Wt Breakdown, 66 Wh Cell, Inconel Can:

x

Diameter 8.9 cm " Height 20.6 cm

Nickel plates 461 g
Separators. ' . 94
Hydrogen electrodes 44 g
Screens 16 g
Electrolyte 115 g
Endplates : 34 g
Tie rod ' 11 g
Tabs 38 g
+

Stock total
Pressure Vessel

W =l
W o N
N o
g 9

Feedthrough
-+
Cell total 1066 g
Energy Density 66 - = 62 Wh/kg

i1.066

Wt Breakdown, 66 Wh Cell, Beryllium-nickel Can:

Stack - . 728 g
Pressure vessel 94 g
Feedthrough 32 g
. +
Cell total - 854 g
. Energy Density 66 = 77.4 Wh/kg



Cell energy denslty, Wh/kg
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40 mll plates

Beryllium-nickel
pregsure veesel -

50 mil) plates
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Inconel 625
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) Cell energy, Wn
Figure C=1, = Cell energy density at 100 percent depth of discharge.
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Percent efficiency of dc/dec converter
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10 cells

Output voltege of decfae
converter during hattery
discharge 76 V to 64 V

or discharge 30 V to 26 V
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Voltege hattery, V

Figure C-2. - Bfficiency of dc/dc converter versus battery voltage.
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Figure C-3. - Diecharge characteristic of Ni-Hp cell,
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Figure C-4 - §i/H, 66 watt-hour cell (scale; 1:1).



209

3,200

.
Le— 0.52.

\\

4
te— (.27
—8. 540

— O et

- ’,

Tab contact area

Coined edge

k-

Qo030
*.007

SECTION AA

Figure C-5 - Nickel plate for Niffy cells (scale: 1:1).
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Milestone Chart

1973

1975

1976

Delivery of Prototype
50 Ah Cells

Prototype Battery
Design and Manufacture

Prototype Battery
Testing

Manufacture of
Flight Cells

Critical Item and
Acceptance Testing
on Flight Cells

Assenmbly of Flight
Battery :

Critical Item and
Acceptance Testing
of Battery

Delivery of Flight
Battery to NASA

1974

Figure C-7 - Develepment schedule for the 5-cell SERT C battery
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D APPENDIX - LARGE VACUUM FACILITIES

25-FOOT-DIAMETER TANK

Description

The 25-foot tank is designed primaxily for testing thrusters that employ condensable
propellants., It is constructed from a 9/16-inch-thick steel clad material. The interior
layer consists of 1/8-inch 304 stainless steel, while the outer layer is mild steel. The
arrangement of components, the major dimensions, the details of the vacuum feed-
through panels, and other related information of the 25-foot-diameter tank are shown in
figure 3. Thrusters may be tested individually or in arrays; the primary limitations
are mounting space and/or propellant condensing capacity.

36-in. port {8
— B it e DRI . , F | S —
| — - /R - —
P —5 A -t —r g4 —71a
i AWater-cooled
i shield
10-ft-diam. test 3 Yk 4 EN . 4 ES EN ES 4
compartment—\J :
1l
P © o
iy O i
! Ty
2w +x + k4 <+ B ks - E
N \
I
ﬁﬁiﬁf FA_E R "0 WA 50 T O]C W 2o M °° N
= (s e L
—12-in, ports  A— N target
/ \
. A
M3 by 7 ft access door this side; Lpump openings “—Condenser outline
Instrument survey arm— 4 by 10 ft door other side
/e—Condenser

ORE
OO0 ®
0 oo 0o
2-in.~diam. holes covered
with brass plates (51);

feed-throughs are mounted
43 required on plates

Section A-A CO-7579

Figure 3. - 25-Foot tank layout.
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ft vacuum valve—

Water-cooled target—,
e ;

ater-cooled shield—,

.

A g
“~Cryogenic condenser

E Jj/ = i s : i e
Diffusion pumps (22) con b P

CD-7600

Figure 4. - Cutaway view of 25-foot-diameter tank,

The condenser system, which is designed to absorb up to 1 megawatt of power, is
composed of three elements: the cryogenic condenser, the water-cooled target, and the
water-cooled shield. These components are shown in the cutaway view of the tank
(fig. 4). The cryogenic condenser is a copper honeycomb cooled by liquid nitrogen.
This portion of the condenser can absorb up to 0. 1 megawatt. The water-cooled target
is designed to absorb 0.9 megawatt. The target is a conical-shaped stainless-steel
double-walled structure, 8 feet from the bottom to the apex and 10 feet in diameter.
Water is introduced at the apex of the target and is conducted through a helical passage
to a manifold at the base of the target. In addition to the target, a water-cooled shield
protects the interior surface of the 25-foot head. The shield is fabricated in pie-shaped
segments from embossed stainless-steel plates.

The test compartment is separated from the main tank by a 10-foot-diameter vacuum
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gate valve of stainless-steel construction. The valve disk is raised and lowered by a
counterbalanced chain, which is operated by an electric motor mounted exterior to the
valve body with the drive shaft going through a rotating vacuum seal. The gate disk with
two O-rings vacuum seals in one direction. To accomplish the sealing of the disk
against the O-ring sealing surface, eight pneumatically operated pistons are used to hold
the disk in place until the differential pressure across the valve is sufficient to seal it.
Dry nitrogen gas is used to activate the pistons. The time required to raise or lower the
disk is 5 minutes. The utility of the tank is increased by the capability of isolating the
test compartment because thrustor changes can be made without warming the condenser
or bringing the main tank to atmosphere.

Pumping System

The tank is equipped with a vacuum system to simulate space pressure conditions
with normal testing in the 10"7 torr range. The pumping system is essentially identical
for each tank and is shown for the 25-foot tank on figure 4. Air is pumped out of each
tank through twenty 32-inch diffusion pumps into four lobe-type blowers installed in par-
allel. Two additional diffusion pumps are installed on the test compartment of the
25-foot tank. Following the blowers are four rotating piston-type roughing pumps. Dur-
ing the pumpdown cycle, the blowers are bypassed until the roughing pumps have lowered
the system pressure to 15 torr. The blowers and diffusion pumps are then activated, and
by the time the system reaches :Z><10'3 torr the diffusion pumps have become effective.
All eight roughing pumps can be used on one tank if desired. The tanks, containing no
test apparatus, have been evacuated to 6x10~° torr in less than 2 hours. Backstreaming of

. 5
Copper fins bolted to fubes >

S

£.1,5-in.~diam. stainfess tubes
i C-68058

Figure 5, - Section of honeycomb condenser.
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Nitrogen oil from the diffusion pumps into the tanks is
gas vent

reduced to negligible amounts by water-
Nitrogen

Vacuum tank Separator cooled caps on top of the diffusion pump jet
h"%;ggm tank assembly and by liquid-nitrogen-cooled
Propellant chevron-shaped baffles over the intakes of
condenser i the pumps. Cold traps have been installed
- nitrogen  between the mechanical and diffusion pumps
J . suply on the 25-foot tank, These traps protect -
Figure &, - Flow diagram of 25-foot-diameter tank condenser system, tt}e mechanical pumps from condensable
propellants.

Cryogenic pumping is also used in maintaining tank pressures during thrustor opera-
tion. A finned liquid-nitrogen-cooled condenser lines the major portion of the 25-foot
tank. The prime function of this cold surface is to condense and trap propellant from the
thrustor exhaust, The condenser consists of a rectangular copper honeycomb structure
built on 1. 5-inch-diameter stainless-steel tubes as shown in figure 5. There are 28 000
square feet of copper surface designed to operate between -300° and -280° F, depending
on the thrustor power load. The honeycomb material is bolted to the stainless-steel
tubing and may be replaced if eroded by the exhaust beam, .

The liquid-nitrogen system furnishes nitrogen to the propellant condenser, oil-
diffusion-pump traps, and foreline traps. In addition, the liquid-nitrogen system fur-
nishes gaseoqus nitrogen to raise the tank pressure to atmospheric conditions. The nitro-
gen system has a 56 000-gallon storage Dewar that is insulated by vacuum and perlite.
There are two 100-gallon-per-minute pumps to supply liquid nitrogen to the oil diffusion
traps, foreline traps, and propellant condenser at 40 pounds per square inch gage
pressure. The liquid-nitrogen system for the diffusion pump traps and foreline traps is
operated with a back pressure of 25 pounds per square inch gage, which gives a single-
phase flow. Two-phase flow occurs in the propellant condenser. The nitrogen passes
through a separator tank where the liquid nitrogen is returned to the inlet and the gz'lseous
nitrogen is vented to atmosphere as shown in the flow diagram (fig. 6). "

Hot nitrogen is used to warm the propellant condenser. The condenser warmup
system has a separate blower and heat exchanger. The liquid nitrogen is first removed
from the propellant condenser by a 53-gallon-per-minute transfer pump and returned to
the storage Dewar. The gaseous nifrogen is then circulated through the 126-kilowatt heat
exchanger and through the condenser. As the condenser surfaces warm up and the gas
pressure increases, the gas is vented to the atmosphere to maintain a pressure of 15
pounds per square inch gage in the condenser. Another part of the nitrogen system con-
tains a 500-kilowatt heater to vaporiz.e liquid nitrogen. The vaporized nitrogen can be
vented into the vacuum chamber to bring the chamber to atmospheric pressure.
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- Tank Pressure Instrumentation

Tank pressure is continuously monitored at a number of points by multiple Pirani

and ionization gage systems.

Each tank has an independent pressure monitoring system.

The Pirani gage system is a 24-channel (for each tank), pushbutton-operated unit,
employing a single-channel Pirani gage box to provide power and readout for the system.

Tube switching is accomplished by a 24-channel stepping switch arranged so that it auto

matically runs to the channel for which a pushbutton has been depressed. All channels
have individual zero, and calibration controls are preset so that no adjustments are re-

quired when switching from tube to tube. .
The multiple ionization gage systems, like the Pirani systems, are 24-channel de-
vices. The selection of an ionization tube is determined by depressing the appropriate
pushbutton, Bayard-Alpert tubes with iridium filaments are used with the system. The
ionization system has eight rotary switches on the panel to power the degassing grids in

-

e
10~ft vacuum vaive—-

Drive systern—,
i

Test
compartment

Instrument §
mounts (17)-%

Typical Water-cooling
instrument lmes-}\

probe —, [ —
N 142 F'
\

Access door—
Instrument leads-

“f—Instrument

Section A-A

figure 7, - Instrument survey arm,

arm

CD-7567

the tubes (3 tubes/switch). The gage
system will record continuously, on
a strip chart recorder, the output of
the fube being read. The scale on
the recorder is in decades from
1x10~3 to 1x10~8 and the recorder
pen is shifted as the gage box
switches range. The gage box will
shift its range automatically as the
pressure varies in the tank. Be-
tween readings, the gage filaments
are kept at a reduced temperature to
prevent condensation of vapor on the
walls of the tube and absorption of
gases by the tube elements.

Data from the thrustor ion beam
can be obtained from sensing instru-

- ments mounted on an instrument

survey arm, A schematic of the
water-cooled arm is shown in fig-

ure 7. It sweeps an arc in a plane
perpendicular to the beam. The mo-
tion of the arm may be stopped and
reversed at any point in the 81° sweep

angle. The speed can be varied from
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4 seconds to 4 minutes per sweep.

Seventeen instrument mounting pads are
available along the leading edge of the arm
at 6-inch intervals. The pads consist of
3/4-inch-diameter disks with a center tapped
hole. Each disk is welded directly to the arm
structure. Leads from the sensing device
are threaded through the tapped hole prior to
instrument mounting. The leads are attached
to the inside of the hollow arm and conducted
up to the end of the arm. The sensing lead
harness is then brought out of the tank
through a vacuum seal.

Tank Performance

The performance characteristics of the
25-foot-diameter tank have been determined
with the pump traps at -320° F and the main
tank condenser at both ambient temperature
bnd -320° F. Calibrated flows of both air and
hydrogen have been investigated.

The tank pumpdown rate with the conden-
ser at -320° F is shown in figure 8. Two
curves are presented: (1) starting at atmo-
sphere after the tank had been open for sev-
eral days, and (2) starting at 1 torr, the nor-
mal point for initiating pumping between
phases of a test. These data were taken after
the tank had been in use for approximately
2 years and the condenser was coated with
mercury collected from ion-thrustor opera-
tion. The tank contained apparatus that in-
cluded a 20-foot-diameter movable collector
with drive system, a fixed 20-foct-diameter
collector, an instrument survey arm, and
several miscellaneous wiring harnesses.

Normally, model modifications are made
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TABLE 1. - PUMPING CHARACTERISTICS OF 25-FQOT-

DIAMETER TANK
Condition Tank Tank
condenser, | condenser,
-320° F; 60% F;
pump traps, | pamp traps,
-320°F -320° F
Maximum system pump speed m— 2250 000
for air, liters/sec
Maximum system pump speed for ——— beeo 000
hydrogen, liters/sec
Ultimate pressure in new clean 8. 5x107° 1.4x1077 . ;
!
tank, torr '
Time required to obtain ultimate 35.0 20.0
pressure, hr
o
Uitimate pressure in tank (after 9. ax10™? -—
2 yr use), torr
Time required to obtain ultimate 26.0 -—--
| pressure, hr
{
Time required to open tank to 3.0 -——
atmosphere, hr
Time regquired to open test com- 1.8 1.8
partment to atmosphere, hr ;

a5t 1072 to 107 torr.
bat 1074 torr.

by closing the 10-foot valve and bringing only the test compartment to atmospheric
pressure. Then, the compartment is closed and pumping initiated. With three 20-
centimeter-diameter ion thrustors installed the pressure reached 2><10'5 torr in 55
minutes. At this time the 10-foot-diameter valve was opened. Thirty minutes later
the tank pressure reached 2, 0><10'6 torr. Typical pumping speed data are shown in
figure 9. Pertinent characteristics for the 25-foot tank,. including the calibrated air
and hydrogen flows, are given in table 1. :

After a test run, 1. 8 hours are required to cool the diffusion pumps and bleed the
test compartment to atmospheric pressure. Additional time may be required to re-
move toxic vapors prior to entering, '

A B65-hour continuous run was made
with a 50-centimeter-diameter electron-bombardment thrustor. A beam power of 22.5
kilowatts was maintained during this period. Mercury was the propellant. The test
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compartment pressure was .2>~<10_6

torr at the start of the test and"
reached ’7><10"7
At 65 hours the pressure was 6><10'7

torr after 30 hours.

-{ns;ﬁaﬁon fixture -

{ simulates 25-ft tank torr. The tank had accumulated sev-
test s

eral hundred hours of mercury
thrustor time when these data were
taken.

Thrustor Installation

Prior to testing, thrustors are
mounted on a thrustor cart in the
shop. Power, instrument, cooling,
and heating leads are fitted from the
cart to a fixture that duplicates the
tank feed-through positions (fig. 10).
When the tank is available for testing,
the thrustor cart is transferred to

C-64069
Figure 10. - Thrustor installation in cart and installation fixture, the tank test compartment. The
cart is rolled into the operating po-
sition on a set of rails. Thrustor leads are connected, the compartment door closed,
and the system checked out. The test compartment is then evacuated by a separate
pumping system. After the 10-foot valve is opened the apparatus is ready to be tested.
Figure 11 gives an indication of the mounting space required by an array of nine
electron-bombardment thrustors. Thirty-seven thrustors of this size (16-in. o.d.)

could be installed.

15-FOOT-DIAMETER TANK
Description
The 15-foot-diameter tank is 63 feet long and was designed primarily for environ-

mental testing of space packages and thrustors. It is constructed from the same
material as the 25-foot tank. One end of the tank is readily removable to allow large



220

units to be installed conveniently for
testing. The layout of the tank is
shown in figure 12. Power, gas, and
liquids may be supplied to the test
apparatus through lines passing
through any of the eight sets of feed-
through panels.

Along the horizontal centerline
of the tank are eleven 12-inch viewing
ports. For ultraviolet applications
quartz windows may be substituted
for the standard glass units. The
windows can be removed and ex-
changed for plates with instrumenta-
tion feed-throughs and other devices.
One 24-inch-diameter and six 36-inch-
diameter ports are available for
special installation of equipment,
services, and instrumentation as re-
quired. The size and location of the
ports are shown in figure 12. All

Figure 11. - Nine ion thrustor array.

port openings are sealed with buna N
O-rings. The pumping system for the 15-foot tank is identical to the 25-foot tank. The
condenser for the 15-foot tank is fabricated from copper sheet with integral tubes and is
painted black., Nitrogen is furnished to the 15-foot tank from the same source that
supplies the 25-foot tank. To operate all systems in the 15- and 25-foot tanks at maxi-
mum capacity, 830 gallons per hour of liquid nitrogen are required.

Tank Performance

The performance characteristics of the 15-foot-diameter tank have been determined
under several conditions and are tabulated in table II. The pumping speeds for both tanks
are identical, as previously mentioned, and are plotted in figure 9.

After a test with the condenser at ambient temperature and the pump traps at 60° F,
approximately 60 minutes are required to cool the diffusion pumps and vent the tank to
atmosphere. If the condenser and traps are at -320° F, 3 hours are required to bring
the tank to atmospheric pressure. Additional time is required for ventilating the tank
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TABLE II. - PERFORMANCE CHARACTERISTICS OF 15-FOOT-

DIAMETER TANK
Condition Tank Tank Tank
condenser, | condenser, | condenser
70° F; 70° F; and
pump traps, | pump fraps, | pump traps,
-320° F 60° F -320°F
Maximum system pump speed 2250 000 3250000 | ----—--
for air, liters/sec
Maximum system pump speed b660 000 |  s;meae | caemee
for hydrogen, liters/sec
Ultimate pressure, torr 1.3x100% | 4.0a07 | 1.0x10°8
Time required to obtain the 17.0 11.0 17
ultimate pressure, hr
Time required to enter tank 2 1 ~3
after test, hr

At 10‘4 to 108 torr.
Pat 104 torr.

Co-7580

221
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0 prior to entering if {oxic vapors are generated during
the test.
' The tank pumpdown rates for four pumping configu-
1o ~| rations are shown in figure 13. For the configurations
}\\ - utilizing both diffusion and mechanical pumps, the
5 10! \gizgg:::g ::m roughing pumps were activated at time zero. The lobe
3 4 Roughing pumps; blowers were turned on in approximately 17 minutes at
g gual | [t1o0f Dlowers a pressure of 15 torr. The heaters on the diffusion
> pumps were energized approximately 10 minuies after
4 Roughing pumps; closing the tank; the pumps became effective in 32 min-
10? \%‘ﬁiﬁ?ﬂmps utes. The main condenser and the pump traps were
\.\{ _ cooled to -320° F at 10°° torr. During this pumpdown
10'70 > ““:’\%‘IL;—I;“TA the tank contained the following: the space electric
Time, hr rocket test (SERT) payload, a 30-kilowatt arc-jet thrus-

Fi?a“nf: 13. = Pumpdown rate for 15-foot tor, a 10-centimeter-diameter electron-bombardment
thrustor plus the associated harnesses, an instrument
probe, an 8- by 8-foot sheet-metal baffle, and a 3-foot conical water-cooled heat ex-
changer. After 11 hours, the pressure had dropped to 1. 5><10'7 torr and remained es-
sentially constant for 3 more hours when the run was concluded.

Another test series was run with the tank condenser and traps warm, the tank con-
taining the equipment previously described. During one test, only four roughing pumps
and four blowers were in operation. An ultimate pressure of 1. 2x10™ torr was ob-
tained. Starting at atmospheric pressure the tank was pumped in 1 hour to 0.3 torr with
four roughing pumps and to 8x10'2 torr with eight roughing pumps. These data are also
shown in figure 13,

With a ;:lean and empty tank, ultimate pressures of 4><10'7 and 1. 3><10'8 torr were
obtained with water-cooled and liquid-nitrogen-cooled traps, respectively.

Typical tests conducted in the 15-foot-diameter tank include the evaluation of a i-
and a 30-kilowatt arc jet and the SERT payload. The 1-kilowatt arc jet was tested with
tank pressures near 8><1(}'5 torr. The results of this investigation are reported in ref-
erences 4 and 5. During the 30-kilowatt arc-jet test a tank pressure of 0. 85 torr was
recorded with a hydrogen flow of 0. 28 gram per second. The SERT test required acti-
vation of high-voltage systems, ignition of pyrotechrics, and ignition of ion thrustors
during a typical tank run. Typical pressure fluctuations resulting from equipment and
thrustor operation {maximum beam current was 250 ma) ranged from leo's to 8><10'6
torr. The operation of three pyrotechnic devices caused the pressure to decrease from
5X10~" to 9x1072 torr. The devices were ignited over a 5-second interval, and 17 sec-
onds elapsed after the last firing before the tank pressure recovered.

An air bearing, which bleeds air into the tank for a known back pressure and flow
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Figure 14. - Simulated air bearing !éﬂ.

rate, was required for a space payload test. To deterir;ine the effect of such a device,
air was bled into the tank through a special calibration sysiem shown in figure 14, Air
flows into the tank through a 0. 0005-inch circular slot, 2 inches in diameter, from a
plenum chamber where the pressure can be controlled, The chamber was approximately
9 inches long, 6 inches in diameter, and mounted to a tank port. With the 15-foot tank
at vacuum, the pressure in the plenum was controlled by throtiling the quantity of supply
air at atmospheric pressure. A rotometer was utilized for measuring the iflow of supply
air. Chamber pressure was measured with a Pirani gage. Data-indicated tank pres-
sure, chamber pressure, and flow rates for this system are also shown in figure 14,

Tank Vibration Characteristics

Vibration data were taken on the 36-inch port located on the top centerline of the
15-foot tank shown in figure 12, Data were recorded with the tank at vacuum and all



Figure 15. - Axis notation.

TABLE III. - VIBRATION DATA FOR

15-FOOT TANK

Axis | Frequency, | Displacement, Ma.ximum_]
cps in. g load
x | 3000 Below 1077 | 0.005
y .12
z L t . 006

Figure 16. - Port-mounted thrustor.
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pumps in operation to provide an order
of magnitude indication of vibration
conditions. For the design of ion-
thrustor thrust stands or eguipment
where very precise information is re-
quired, vibration studies would be
made in the exact location where the
equipment would be installed. Meas-
urements were recorded on the three
axes shown in figure 15.

The vibration characteristics
were detected with a piezoelectric
accelerometer. The frequency range
scanned was between 16 cps and
32 keps. The maximum ''g'' condition
occurred on each axis at approximately
3000 cps. At these maximum g con-
ditions the displacement was less than
1077 inch. Table III shows the maxi-
mum g loading for each axis and the
corresponding frequency and displace-
ment.

Model Installation

The 15-foot tank is designed so
that models may be installed in any
location to suit the requirement of the
test. Large models may be handled
in the tank with the assistance of an
overhead monorail chain fall with a
half-ton capacity. Models may be
mounted from the walls or from one
of the large port openings. A port-
mounted model may be mounted on a
port cover outside the tank. This has
the advantage of providing a means of
checking the mounting system prior
to installation and simplicity of instal-
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lation. A thrustor mounted from a 24-
inch port and another mounted from the
wall are shown in figure 16.

SPECIAL EQUIPMENT
Fast Pumpdown Tank

A fast pumpdown tank is available
to simulate pressure conditions en-
countered in the early portion of a
missile flight, This tank (fig. 17) is
connected to the 15-foot-diameter tank
by a 3-foot-diameter vacuum gate
valve. It has an inside diameter of
46 inches and working height along the
vertical axis of 70 inches. The top of
the tank is removabl for access to
the model and for in allation. In-
strument, power, a1 service leads
are fed into the tank hrough fittings
mounted on three 12 inch ports on
the side of the cylin rical tank. The
tank pumpdown rate is compared with
the pressure profile encountered
during a booster flight in figure 18.
Prior to the fast pumpdown tank oper-
ation, the 15-foot tank is evacuated
and all pumps are kept in operation.
The rotating piston pumping systems
from either or both the 15- and
25-foot tanks are then used to reduce
the pressure rapidly in the fast pump-
down tank to approximately 4 torr.
The 3-foot valve is then opened to the
15-foot tank providing additional
pumping. Condensable products are
captured on the fast pumpdown tank
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condenser, The condenser is flooded
with liquid nitrogen at the beginning of
the pumpdown cycle.

Spin Test Apparatus

Figure 19 shows a spin test ap-
paratus used in the 15-foot-diameter
space tank for spin testing space pay-
loads, components, or thrustors at
controlled spin rates up to 282 rpm.
Maximum clearance above the table
is 8 feet with a side clearance of
5 feet. The spin table is approxi-
mately 20 inches in diameter and is
driven through a shaft, electromag-
netic clutch, and bevel gears by a
variable-speed alternating-current
induction gearmotor. Table rotation
may be braked by an electromechan-
ical braking unit. Figure 20 shows a
schematic of the system. The

variable-speed system consists of a
direct-current motor with speed con-
trol driving an alternator at an infi-
nite number of speeds. The speed of

Variable 7

frequency

system—
!

/
/

the gearmotor is a function of the
—Spin table

Brake—. / frequency generated by the alternator

\‘\
Clutchaﬁﬁ

S

Witk Dilve ==
1\ \\motor— T
\ X

and is adjustable up to full-field speed

/] and can be maintained to 1 percent of
| a set value.
/A The spin table was operated in

the 10" torr pressure range with a
\J—— simulated SERT payload. This load
07583 had a weight of 278 pounds. a center
of gravity 0. 235 inch from the axis of

rd

Figure 20. - Schematic of spin test apparatus.

rotation, and a moment of inertia of
7.45 slug—feetz. The system accel -
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erated to a speed of 282 rpm in 6 seconds
and was braked to a full stop in 1% sec-
onds with no overheating, With clutch
disengaged, the unit coasted from

282 rpm to a stop in T minutes 35 sec-
onds.

Clean Room

A clean room is located on the first
floor adjacent to the control room. The
room, shown in figure 21, is a nonlami-
nar design meeting the particle size dis-
tribution curves for a class 10 000 clean
room as defined in Federal Standard 209 -
Clean Room and Work Station Require-
ments, Controlled Environment (ref. 6).
Class 100 is achieved on the laminar
flow clean bench in the room. Supply air
for the room is passed through an abso-
lute filter, conditioned to a relative humidity of between 30 and 45 percent, and can be
maintained with +2° F of any desired temperature between 65° and 80° F. A positive

Figure 21. - Clean room,

pressure of 0. 05 inch of water is maintained in the room. The stainless-steel walls are
grounded to eliminate dust attraction due to a static charge.

The room is 27 by 13 feet with a 9-foot 4-inch ceiling height. Access is through a
4- by 8-foot air lock equipped with a vacuum cleaner for cleaning equipment prior to
being taken into the clean room. The air lock is also utilized as a change room. Double
doors provide ready access for moving large units of equipment into the room.

Special equipment includes the laminar flow clean bench with a work area of 24 by
47 inches, a work table with sinks completely covered with a hood, work tables, and a
sealer for enclosing equipment in polyethylene bags.





