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5.1 Probe Configurations
and Tradeoffs —~



-ALL CONFIGURATIONS

5. SYSTEM CONFIGURATION CONCEPTS AND TRADEOFFS

It was recognized early in the study that the weight and volume
restraints imposed by the Thor/Delta launch vehicle would require costly
probe development and test effort. The probe studies have shown, how-
ever, that viable configurations can be developed for the Thor/Delta.

The Version III science payload _(nominal_a.nd additional instruments
except for the small probe magnetometers) could be accommodated, but
the margins were tight, and it was shown in the midterm ioresentation
that it would be very expensive to allocate a few more kllograms for the

probes.

Significant cost savings can be realized by designing the probes for
the Atlas/Centaur. Increased probe weight allocation permits increased

design margins, reduced risk, and greater use of flight-proven hardware.

Figure 5-1 shows the pref_erfed Atlas/Centaur probe &esigns,
summarizes the comparisons between the Thor/Delta and Atlas/Centaur
versions, and indicates results of .rnajbr tradeoff studies. Ewven before
the selection of the Atlas/Centaur launch vehicles,. it was shown that the
use of Atlas/Centaur for the probe mission would be by far the lowest-
cost, lowest-risk selection. The Version IV science payload only rein-
forces that choice, Section 5.1 shows, in some detail, how the probe
configurations evolved &ﬁring the study as a result of the tradeoffs thgt

were performed,

_ The probe configurations have a major impact on the design of the
probe bus, which must be designed primarily to protect the probes in
transit to Venus and launch them accurately. Probe de_si,gn, also indirectly
im'pacts the orbiter design because of the need for commonality between |

the two mlssmn spacecraft as a means of minimizing total program cost.

The most significant cost/performance tradeoffa for the bus and
orbiter stemmed from the selection of a spin axis orientation for: 1) the
bus, . to prov:tde large-probe thermal protection w1thout the need for
jettisonable covers or heaters, and 2) the orbﬂ:er, to permit use of a .
fzxed, hl,gh-g‘a_;n antenna to accommeodate the specﬁmd science data _rate.

Before the upward revision of data requirements for the Version IV
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PREFEARED ATLAS/CENTAUR PROBE COMFIGURATIONS

0

LARGE PROSE CHARACTERISTICS

@ 2,09- RAD (1Z0-DEG) BLUNT CONE FOREBODY, MINIMUM VOLUME
AFTERBODY

SIMGLE STAGING WITH PILOT-DEPLCYED MAIN PARACHUTE
® DESCEMT CAPSULE STABILIZED BY PERFORATED RING

PRESSURE-PROOF, EXTERNALLY INSULATED, ALUMINUM
DESCEMNT CAPSULE

COMMONALITY OF SUBSYSTEM HARDWARE WITH SMALL
PROBES

AEROSHELL DIAMETER 2B PERCENT GREATER THAN THOR/DELTA

-

INCREASED STRUCTURAL, THERMAL, HEAT SHIELD MARGINS
# PRESSURE VESSEL VOLUME INCREASED 30 PERCENT OVER THOR/DELTA

SMALL PROBE CHARACTERISTICS

1.57-RAD (P0-DEG) BLUMT CONE FOREBODY, COME/SPHERICAL CAP
AFTERBODY

UNSTAGED

ATRODYMNAMICALLY STASLE, HYPERSOMIC TO SLBSONIC
SENSORS EXPOSED AFTER ENTRY HEATIMNG AND LOADING
EXTERMALLY INSULATED ALUMIMNUM PRESSURE VESSEL
AEROSHELL DIAMETER 73 PERCENT GREATER THAN THOR/DELTA
INCREASED SAFETY FACTORS

PRESSURE VESSEL VOLUME IMCREASED 300 PERCENT

HIGHER TRANSMITFER POWER THAN THOR/DELTA VERSIOM

MAJOR PROBE TRADEQFFS

1. AEROSHELL SHAPE

BLUNTED CONE PROVIDES LARGE DRAG FOR HIGH-ALTITUDE
DECELERATIONS, PERMITT{NG LARGE PROBE TQ REACH SUB~
SOMIC VELOCITIES ABOVE MAIN CLOUL LAYERS ( 70 KM).
AERCDYNAMICALLY STABLE HYPERSONICALLY AND SUB-
SONICIALLY, WITH 1t OW ANGLE OF ATTACK AND GUICKLY
TRAVERSED TRAMSONIC INSTABILITY.

7. STAGED VERSUS UNSTAGED, STAGING TECHMNIQUE

STAGING PERMITS RELIABLE, UNMCQMNTAMINATED VIEWING AND
SAMPLING BY SCIENCE INSTRUMENTS; SHORTENS DESCENT TIME IN
COMPARISOMN WITH LUNSTAGED VERSION, REDUCING BATTERY AND
THERMAL CONTROL WEIGHT. USE OF PARACHUTE TO STAGE DESCENT
CAPSULE OUT OF AEROSHELL IS LIGHTER, LESS EXPENSIVE, MCRE
RELIABLE THAN MECHANICAL METHODS, USE OF PILOT CHUTE
PERMITS SIMPLER INTEGRATION QF MalN CHUTE IN PROBE.

3, DESCENT PROFILE

THE SELECTED BALLISTIC COEFFICIENTS OF DESCEMNT CAPSULE- N
WITH-CHUTE FOLLOWED BY DESCENT CAPSULE ALOME (AFTER

CHUTE JETTISOM AT 43 KM) PROVIDE A DESCENT PROFILE

FULLY COMPATIBLE WITH SCIENCE SAMPLING REGQUIREMENTS.
BATTERY AND THERMAL CONTROL WEIGKT CAN BE SAVED BY

USING HIGHER COEFFICIENTS AMD BY STAGIMG AT HIGHER
ALTITUDE BUF THERE IS S5OME SACRIFICE IN SCIENCE DATA.

DATA ACQUISITION RATE AND MEMORY SIZE ARE EASILY
IMPLEMENTED WITH MODEFIED PIONEERS 10 AND 11 HARDWARE.

4. TERMINAL DESCENT STABILITY

EXTEMNSIVE SPIN TUNNEL TESTING OF FINGS, FLARES, AND
DRAG RINGS OMN SPHERICAL PRESSURE VESSEL LED TO :
SELECTION OF AN EQUATORIAL RING AS THE PREFERRED
STABILIZING DEVICE. CANTED HOLES IN RING INDUCE
APPROPRIATE SPIM RATE, ELIMINATING MNEED FOR FINS.
DESCENT CAPSULE/RING GEQMETRY PERMITS ATTACH-
MENT MNEAR PROBE CEMTER OF GRAVITY AMD PERMITS
AEROSHELL AFTERBOOY OF MIMIMUM VOLUME.

LES$ BLUNT COMNFIGURAT!ON THAN LARGE PROBE PERMITS
PACKAGING INSTRUMENT CAPSULE FURTHER FORWARD, THUS
IMPRGY ING AERODYNAMIC STABILITY IN ALL SPEED RANGES,
AND PROVIDES LOWER SHOCK LAYER RADIATIVE HEATING.

THIS COMFIGURATION PROVIDES SUFFICIEMNT DRAG FOR DE-
CELERATICON TG LOW SUPERSONIC SPEEDS ABQOVE MAIN CLOUDS,

SIZE AND WEIGHT LIMITATIONS RULE QUT SMALL PROBE
STAGIMG. SCIENCE NSTRUMENTS ARE DEPLOYED DIRECTLY
THROUGH AEROSHELL BY RELIABLE NOMNPYROTECHNIC DEVICES
AFTER PROBES DECELERATE TQ APPROXIMATELY MACH 1,5 AT
70 KM,

AEROSHELL GEOMETRY YIELDS LOW TRANSONIC AND SUB-
SONIC BALLISTIC CQEFFICIENTS. DESCENT VELOCITY THRU
IMPORTANT CLOUD LAYERS 15 SUFFICIENTLY LOW TO SATISFY
SCIENCE SAMPLING REQUIREMENTS. TOTAL DESCENT THME
OF 65 MINUTES IS NEARLY OPTIMUM COMPROMISE BETWEEN
SCIENCE DATA RETURNM AND BATTERY/THERMAL CONTROL
WEIGHT REQUIREMENTS

SELECTED AERQSHELL AFTERBODY IS BASED QM TEST OF
NUMEROUS SHAPES. 1T PROVIDES ADEQUATE SUBSOMNIC
STABILITY WITH ACHIEVABLE CENTER OF GRAVITY LOCATION,
MINIMIZES LIMIT CYCLE BEHAVIOR, AND HAS CAPABILITY

TO RECOVER RAPIDLY FROM MAXIMUM ANGLE OF ATTACK
PERTURBATIONS RESULTING FROM SPECIFIED WIND PROFILES,

Figure 5-1. Probe Configuration and Tradeoff Conclusions
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science payload, another less expensive orbiter configuration was pre-

ferred but the new higher data rate made it nonviable,

Other orbiter configuration options were also studied under the
original guidelines. In particular, a set of alternative configurations
derived from the existing DSCS-II spacecraft (which has a despin antenna)
were examined, but the number of modifications required to adapt the
design to the Venus missions and the requirement (for these configura-
tions) to launch the small probes simultaneously (as opp.osed to the
recommended sequentiaLl release) make these alternative configurations

noncompetitive.

Figure.5-2. shows the major configurations studied and the resulfs of
the major configuration tradeoffs. Section 5.2 describes the probe bus
and orbiter configuration fradeoffs and the 'design's derived for both launch

vehicle candidates,
5.1 PRORBE CONFIGURATIONS AND TRADEQOFFS

The preferred probe configurations finalized at the conclusion of this
study are summarized in Section 5.1.1 and are further defined in Sections
6 and 7. These configurations use the Atlas /Centaur as the specified launch
vehicle for a 1978 launch, and carry the Version IV science payload. The
major configuration options used to derive the preferred probe concepts are
developed in Section 5.1, 2, Many of these options were also the key elements

varied during the pre-midterm studies.

Tables 5-1A and 5-1B summarize the system and science instrument
requirements of the Phase B study defined by the NASA /ARC documents
referenced in these tables. From the system design study requirements
and the science instrument definitions provided, the probe mission and
system design requirements (summarized in Tables 5-1C, 5-1D, and 5-2)
were derived to satisfy the Pioneer Venus project objectives. The preferred

configurations for the large and small probes meet these objectives and are

- the result of an intense and comprehensive effort to provide a low-cost, low-

risk program.

In arriving at the preferred probe designs, a number of configurations

were evaluated against the following criteria: cost, pezjformé.née, weight,

5w3



ALL CONFIGURATIONS

A\ PREFERRED AND ALTERNATIVE PROBE BUS AND ORBITER CONFIGURATION TRADEOFFS

PREFERRED PROBE BLIS

EARTH-POIMNTING
CONICAL SOLAR ARRAY
SEQUEMTIAL RELEASE

PREFERRED CONFIGURATIONS

PREFERRED ORBITER

EARTH-PCINTING
CONICAL SOLAR ARRAY
FIXED HIGH-GAIM DISH

6,23 RAD (360-DEG) OMNI'S
ALUS MEDIUM GAHY HORM

W/CONSCAN
5-WATT TRAMSMITTER
GIMBALED RAM PLATFORM

BOTH BLIS AND ORBITER DESIGNS LAUNCHED BY ATLAS,/CEMTAUR

DESIGM DRIVERS
FROBE BLS . CRBITER
1, $PIN AXIS ORIEMNTATICN: EARTH-POIMTING OR NORMAL TO VENUS ORBIT PLANE
WITH EARTH-POINTING SPIN AX(S, FAVORABLE SUN ANGLE WITH ORBITER SPIN AXIS NORMAL TO VENUS ORBIT PLANE,
PERMITS USE OF SCLAR RARIATION FOR LARGE PROBE THERMAL RAM INSTRUMENTS NEED MO POINTABLE GIMBALLED PLATFORM
COMNTROL INSTEAD OF HEATERS (AS LOMNG AS SOLAR ARRAY FS
COMICAL) SO THE BATTERY AND ARRAY CAMN &€ SMALLER THAN
IT WOULD BE WITH SPLN AXIS PERPENDICULAR AND CYLINDRICAL
ARRAY.
2, ANTENNA CONFIGURATION

PROBE BUS HAS 6,23 RAD (360-DEG) OMNI COVERAGE PLUS PREFERRED ORBITER HAS FEXED, HIGH=-GAIN ANTENNA AND

PIQMEERS 10 AND 11 BORM FOR HIGH BIT RATE DATA TRANSMISSION ADEQUATE BT RATE WITH EXTREMELY HIGH RELIABILITY I.E.,

DURING £MTRY (1024 BIT5/S), MO SLIP RINGS, ROTARY COUPLERS, OR OTHER COMPLEXITIES).
3, SCOLAR ARRAY: COMICAL Of CYLINORICAL

CONICAL ARRAY ON BUS PERMITS MAMNEUVERING WITHOUT COMNICAL ARRAY ON ORBITER 15 NOT AS ADVANTAGEOUS AS

HASTE AND PERMITS USE OF SCLAR RADIATION TO KEEP LARGE FOR BUS DURINMG TRANSIT, BUT OFFERS GREAT ADYANTAGES

PROBE WARM WITHOUT HEATERS, LOWER PEAK POWER THAMN AN IN CRBIT BECAUSE [T PERMITS WIDE RANGE OF MAMEUVERS

EQUIVALEMT CYLINDRICAL ARRAY, BUT HIGHER AVERAGE POWER WITH SMALLER BACKUP BATTERY REQUIREMENTS.

THROUGH WiDE RANGE CF MANEUVERS, 5C BACKUP BATTERY

CAR BE SMALLER THAN WITH CYLIMDRICAL ARRAY. ELIMINATION

OF NEED FOR HEATERS AtSO ALLOWS SMALLER ARRAY,

4, SEQUENTIAL VERSUS SIMMULTANECQLS PROBE RELEASE

SEQUENTIAL RELEASE PERMITS COWTRCLLED SEPARATION OF
RELEASE TIMES SO THAT PROBES CAN BE CAREFULLY TARGETED
FOR ENTRY INTCQ VEMLS ATMOSPHERE AT ZERC AMNGLE OF
ATTACK (TO ENHAMNCE UPPER ATMOSPHERE DENSITY MEAS UIRE-
MENTS BASED O ACCELEROMETER DATA) AND FOR GOOD
GEQGRAPHICAL DISPERSION QOF PROBE ENTRY POINTS. THIS
ALS‘IO FS\SCIL‘IATES REDUNDANT COMMUNICATIONS COVERAGE
BY THE DSM,

ALTERNATIVE CONFIGURATIONS (Derived from existing 0SCS-11)

-
=

ALTERMATIVE DESIGNS CAN OMLY BE LAUNCHED BY ATLAS/CENTAUR

ALTERNATIVE PRCBE BIS ALTERMATIVE ORBITER
NORMAL TO EARTH LINE
CYLINDRICAL ARRAY
SIMULTANECUS RELEASE
MODIFIED DSCS=11

NORMAL TO EARTH LiNE
CYLINDRICAL ARRAY

FIXED FANSCAN ANTENNA
MODIFIED DSC5-I!

B ORBITER OPTIONS - Any of these configurations can be launched by either Thor/Delta or AtlasiCentaur

OREITER QPTIOM |
NORMAL T2 EARTH
LINE

QRBITER OFTION 2

NORMAL TO EARTH LINE
COMNICAL SOLAR ARRAY
FIXED FAMSCAM ANTENMA

CONICAL SOLAR
ARRAY 31-WATT TRANSMITTER

LINE
COMNICAL SCLAR
ARRAY

DESPUN HIGH-GALM

FIXED FAMSCAN
REFLECTOR £ -

ANTEN

ORBITER OPTIOM 3
MNORMAL TO EARTH

NA
12-WATT TRANSMITTER

OPTION 1 IS COMPATIBLE WITH ESRO PARTIC!-
PATICN BUT INCREASES COST CONSIDERABLY
AMD REDUCES REEIABILITY.

OPTICHN 2 15 OMNLY VIABLE FOR THE INITIAL
STUDY GUIDELINES, ECOMNOMICAL, MEDIUM-
GAIN AMTEMMNA AND HIGH-POWER
TRAMNSMITTER MEET DATA RATE REQUIREMENTS
WITH é4 AND 26 METER D5SN 5UBNETS

CGPTICN 3 SAVES MONEY WITH LOWER
POWER TRANSMITTER BUT CANNOT
USE 26 METER DS SUBNET FOR BACKUP,

Figure 5-2. Probe Bus and Orbiter Contigurations and Tradeofts Conclusions
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Tablé 5.1A. Systérﬁ De;s'lgn Study Réquireme_ﬁts Table 5-1C, Probe Interface Design Table 5-1D. Missioh Design Requirements

Summary Requirement Summary Summary
SCIENCE MISSION OB JECTIVES NATURUCOMP?SITION OF CLOUDS 1 SURFAC SCIENCE IMTERFACE TARGETING LP: AS CLOSE TO SUBSOLAR FOINT AS POSSIBLE
) COMPOS ITION/STRUCTURE OF ATMOSPHERE TQ SURFACE M 70° FROM SUBSCLAR AND HEAR EQUATOR
GENERAL CIRCULATION PATTERN OF LOWER ATMOSPHERE LARGE PROBE 10 SCIENTEFIC INSTRUMERTS 31,25 KG TOTAL WEIGHT NG MORE THA
: CURSCRY INVESTIGATION OF COMPOSITION/STRUCTURE OF IQNOSPHERE ‘ {MAX} SP: GOOD LATITUDE AND LONGITUDINAL DISPERSAL
LAUNCH VEHICLE ATLAS//CENTAUR (SELECTED) MOUNTING - FLAT WITHIN £.005 1N, PROBE ENTRY SITES: WITHIN 55° OF SUBEARTH
THOR/DELTA (COMPARISON) ALIGNMENT = 10,50
: - L0 LAUMCH/ARRIVA W LIST 20 TO 29, 1978 {5 MINUTES EACH DA
ENVIRONMENT NASA SP-B011 MODELS OF VENUS ATMOSPHERE ‘ ELECTRICAL POWER - 106.3 WATTS MAX % 78 VDC 4 t :\‘::’I::” W;'E“’CDEiBER’:‘:G‘ ol ¢ ")
MULTIPLE-PRCBE ) 1 10% ATLAS/LC‘ENTAUR '
BASELINE €ONFIGURATION 1 - BUS w
. ¢ S TIMING - SEQUEMCING SIGHALS IMJECTED MASS: 790 KG (1742 LBy
3 - IDENTICAL SMALL PROBES TELEMETRY SIGNALS - ANALOG/DIGITAL/BILEVEL P———
N N
COMMONALITY MAXIMUM SYSTEM/SUBSYSTEM BETWEEN BUS AMD QRBITER THERMAL - 0 T 150°F D LANE 119 T 110 DAYS
DEEP SPACE NETWORK TELEMETRY, COMMAND, TRACKING COMPATIBLE WITH &4 M/26 M DSIF
‘ ) TELEMETRY, COMMAND, TRa SMALL PROBE & SCIENTIFIC INSTRUMENTS 2.5 KG TOTAL WEIGHT (MAX) ;Eg‘gJEE:FCLEEASE srouENTIA
SPACECRAFT STABILIZATION SPIN STABILIZED MOUNTING - FL:TSE"T”'N 0.005 IN. L: L e 25 DAY
COMMUNICATION PERFORMANCE COMMAND LINK BIT ERRCR PROBASILITY NO GREATER THAN 1072 ALIGNMENT - £0. ! 1"
TELEMETRY LINK UNGETECTED 8tT ERROR PROBABILITY NO GREATER THAM : ELECTRICAL POWER = 5.1 WATTS ™ +28 VDC + 1% SP1 £y -21DAYS  p _E 4 90 MINUTES)
10-% AND DATA WORD DELETION MO GREATER THAN 107 . TIMING - SEQUENCING SIGHALS - £y - 17 OAYS 2
LAUNCH SITE CKAFS ) TELEMETRY SIGNALS - ANALOG,/DIGITAL/RILEVEL SP3 Ey - 13 DAYS
BASELINE INSTRUMENT PAYLOAD NASA-ARC LETTER ASD Z44-9/32-042, 13 APRIL 1973 (VERSION 1) THERMAL - 0 T6 1509 ARET
MAGHETIC PROPERTIES COMSISTEMT WITH SCIENTIFIC OBJECTIVES : APPROACH 1 INITIAL RADIUS (105 Ki): P 107
HEAT SHIELD DEMONSTRATED RELIABILITY : 5P- 2.0TOS5.6
ON-SITE REPAIRABILITY - RELIABLE SURVIVAL THROUGH ALL PHASES, EARTH ASPECT AMGLE: LP - 138° TEy 145°
MNON-INTERFERRING WITH SCIENCE, RF TRAMSPARENT PROBE BUS INTERFACE 5P - 1257 MINIMUM, 152° MAXIMUM
KMOWN FABRICATION /BOMDIMG PROPERTIES, ADEQUATE SHELF LIFE : o o
EXPERIENCE, NONDESTRUCTIVE TESTING MAASS SOLAR ASPECT ANGLE: LP - 40° 1O 72 .
5P = 157 MINIMUM, 557 MAXIMUM
PROBE AERC DY NAMICS EXTERMAL FORM/INTERMAL MASS DISTRIBUTION FOR PROPER FLIGHT - . o
CHARACTERISTICS THROUGH ENTRY, PARACHUTE DESCEMT, AND VENUS ASPECT ANGLE: 1P~ 21210 4 R
FREE DESCEMT ‘ MASS PROPERTIES SP - 147 MINIMUM TO 61° MAXIMUM
LARGE PROBE = 263,6 KG {581.2 LB) + 15%
€6 TOLERAMCE RADIAL C (c OFFS)‘T FROM PROBE CENTERLINE B TROFILEFOR
: - .G. £ : TARGET 5ET A
Table 5-1B. Large and Small FProbe Nominal . < 0050 1K, AND LONGITUDINAL INCERTAINTY i N LATAONG o0°/65° -457 125 0°/165° -22.8%M P
: : FROM MOMIMAL < 0.030 IM. v .34 KM/S 11,34 KMSS 1,34k 11.34 KM/S
Science Instrument Requirements PRLMCIPAL AXIS o e TS T s TS
T - . E - - - -
Summary TOLERANCE + |oo(|;m IN 2 UNCERTAINTY IM BALANCE ‘ ®© A p "
OF PROBE z
B (KG/M 86,4 141, 141.4 141.4
LARGE PROBE SMALL PROBE - 70,0 KG (154 4 18} + 15% g (KG/MT) 4
i €G TOLERANCE RADIAL C.G. OFFSET FROM PROBE CENTERLIME PEAK G'S 0 s 165 33
- = G 2
WEIGHT NOMINAL: 27.17 KG (60,4518 © I'x z glig Eg \;gd?if tg; £ 0,050 1N, AND LONGITUDINAL UNCERTAIMTY MAX QIO byl 2.8 3.8 5.4 5.1
) o . FROM NOMINAL < 0,050 IN. . PARACHUTE/INSTRUMEMT ) .
POWER NOMINAL: 88.6 WATTS AVERAGE 20y = '98-3 WATTS PRIMCIPAL AX1S DEPLOYMENT \
3 TOLERANCE = + 35 (BM-IN.Z UNCERTAINTY 1N BALANGE MACH NUMBER 0.786 h.2 Q.65 9.85
3 +15% = 34 28) CC {2096 IN.7) : -
VOLUME 29 810 CC (1823 IN,™) - 3 DYNAMIC
- 15% = 25 338 CC (1550 IN.9) FOR EACH PROBE 2 .
DATA. SATISEY SPECIFIED MINIMUM SAMPLING INTERVALS TOTAL PROBE WEIGHT : PRESSURE (N/M"} 1693 4408 o016 dar
MASS SPECTROMETER 80 000 BITS/64 TG 44 KM AND 88 000 BITS/44 KM TO SURFACE ALLOCATION - 344 KG (1200 1B SCIEMCE DEPLOYMEMT
GAS CHROMATOGRAPH 13 200 3ITS BUFFER MEMORY, 10 MINUTE STORE/READGUT MECHANICAL ALTITUDE (KA) 70,45 7.1 6.4 8.0
TIME, THREE 20 MINUTE MEASUREMENT CYCLES
ACCELERGMETER: 1000 sl$s sErosauso SURING EI'QETRY LARGE PROBE - THREE PGINT ATTACHMENT AND RELEASE DESCENT PROFILE LARGE PROBE
PENETRATICHS WINDOWS: 3 (SOLAR RADIOMETER - CPSA - IR FLUX RADIOMETER) SMALL PROBE - FOUR PAIRS OF PADS APPROXIMATELY 90° APART PARACHUTE PHASE BALLISTIC COEFFICIENT 7.85 KG/M2
INLETS: 3 (PRESSURE GAUGE - NEUTRAL MASS SPECTROMETER - GAS CHROMATOGRAPH) THERMAL - 01O W°F STAGING ALTITUDE 42,9 KM
HER- EMPERATUR A E - HY METER - WIND
ALTITUDE ACC:LERON(;TER 140 KMG« l:(Gm" G) TO SURFACE ALTMETER paoAm SEPARATION ATTITUDE AND BYNAMIES (3 ) TIME ON PARACHLTE 39.7 MIN
HYGROMETER 70 KA TO 40 KM ) DESCENT CAPSULE BALLISTIC COEFRICIENT 550. KG/M2
WIND ALTITUDE RADAR 40 KM TO SURFACE . ] LP 5P 1 TQTAL DESCENT TIME 73, MIM
ALL QTHERS 70 KM TO SURFACE MAXIMUM ANGULAR - o
SPIN/STABILITY SOLAR AND IR FLUX RADIOMETERS: 1 TO 5 RPM MOMENTUM VECTORS z 3 SMALL PROBES
SOLAR RADIOMETER: A;JQGLE WITH RESPECT TO LOCAL VERTICAL KMOWN TO WITHIN DIRECTICH ERRCR DESCENT BALLISTIC COEFFICIENT 197.9 KG/ME
+ MAXIMUM SPIrd
AKIS NUTATION » ° TOTAL DESCENT TIME 5. MIM

ANGLE ABCUT
MOMEMNTUM VECTOR

MAXIMUM 5PIN

2 D.1 RPM + 0.2 RPM

SMALL PROBE ‘ RATE ERROR
MAXIMLM
Z 0.02 M/ 0.05 M/S
WEIGHT NOMINAL: 2,17 KG {4.913) ety : VELOC Y ERROR /
' : UMBILICAL
POWER MOMINAL: 4,25 WATTS AVERAGE  * 20 = 2 L WAITS PEWER, LP/48 WATTS  +28 VDC 2 10%
. o 155 - 1416 CC 186 11.3) . SP/13 WATTS = +28 VDC = 109
VALUM 1231 CC (75 (N, = .
UE 28 CC 73 INT) S 15% = 1046 CC {84 IN.9) COMMANDS: LP/SERIAL 14 BIT WORD, 1 BIT/S
DATA SATISFY SPECIFIED MINIMUM SAMPLING INTERVALS FROM 66 KM TO SURFACE SP/SERIAL 16 BIT WORD, 1 BIT/S
ACCELEROMETER: 250 BITS STORED DURIMG EMTRY

TELEMEIRY LPA192 BIT 8LOC, 128/256/512 BIT/S
; 5P/192 BIT BLOCK,, 512714 BIT/S

PENETRATIOMS WINDOWS: 3 {MEPHELOMETER (2} - IR FLUX GETECTCR)
INLET; 1 {PRESSURE GAUGE
QTHER: | ({TEMPERATURE GAUGE)

ALTITUDE ACCELEROMETER 140 KM (4 X 1w G) TQ SURFACE
SPIN/ASTABILITY NOT DEFINED




Table 5-2A., Large Probe Design

Table 5-2B. Small Probe Design

Requirements Requirements
Summary Summary
1. MECHAMNICAL 1. MECHANICAL
SPIN RATE SPIM RATE: 10 RPM @ RELEASE TO ENTRY

10 RPM @ RELEASE TO ENTRY
5 REV/KM - 20 RPM MAX DESCENT
38° MAXIMUM ENTRY ANGLEZZ® MINIMUM ENTRY AMGLE
107 MAXIMUM ENTRY ANGLE OF ATTACK
DECELERATION G MAX = 358
STABILITY
ENTRY; STATICALLY AND DYNAMICALLY STABLE

30 Kia, +8% FROM 30 KM DIMINISHING TO ZERQ AT
THE SURFACE (MO GUST CONDITION)

SCIENCE: ZERD LIMIT CYCLE QSCILLATION BEHAYIOR
(DESIGN GOAL)

PARAGHUTE OPERATION: 70 TO 43 KM. SEPARATE DESCENT

GOAL)
BALLISTIC COEFFICIENTS:
HYPERSONIC: BS.4 KG/MZ (0.55 SLUG/FT))
PARACHUTE:  7.85 KG/MZ (0.05 SLUG/FTY)
DESCENT: 550 KG/MZ 3.5 SLUGS/FT)
EQUIPMENT TEMPERATURE:
INTERNAL: 255 TO 33%° K (0 TO 150°F)
EXTERMAL: Qgcuurs 228 YO 407°K (-50 TO 274°F
K

MATERIALS: NOM-QUTGASSING
PRESSURE
INTERMAL: 101 TO 41.4 l\{N/M2 (14.7 TO & PSIA}
EXTERNAL: 1074 TORR TO 93 ATMOSPHERES
WEIGHT: 264 KG

COMMUNICAJIONS: + 157 MAXIMUM OSCILLATION ABOVE

CAPSULE AND AEROSHELL ZERQ GLIDE BEHAVIOR (DESIGN

0% MAXIMUM ENTRY ANGLE/25% MINIMUM ENTRY ANGLE
10% MAXIMUM ENTRY AMGLE OF ATTACK
DECELERATION G MAX = 488

STABILITY: % 15° MAXIMUM OSCILLATION ABQVE 30 KM
+8% FROM 30 KM DIMINISHING TO ZERO AT THE
SURFACE (NO GUST CONDITIDN(] ZERO LIMIT
CYCLE OSCILLATION BEHAVIOR (DESIGN GOAL)

BALLISTIC COEFFICIENT: 141.4 KG/MY (0.9 SLUGATD)
EQUIPMENT TEMPERATURE:
INTERMAL: 255 TO 337K (0 TO 150°F)
EXTERMAL: 920°K
MATERIALS: NON-OUTGASSING
PRESSLIRE:
IMTERMAL: 101 TO 41.4 KR/ME (14.7 TO 6 PS1A)
EXTERNAL: 10°% TORR TO 93 ATMOSPHERES
WEIGHT: 70 KG EACH |

2. ELECTRICAL
ELECTRICAL POWER
28 VDC £ 1076 SEE POWER FRCFILS AI;JE
POWER ALLGCATION BLE
560 W-HR IN SECTION 7.8

DATA HANDLING AND COMMAND
DATA CHANMNELS: & DIGITAL/58 ANALDG/29 BILEVEL
ANALOG-DIGITAL CONVERSIONS: &§77/10 BIT WORDS
DATA STORAGE: 4300 BITS
DATA QUTBUT:
BI-PHASE MODULATED SUBCARRIER
RATE = 172, K = 32 CONVOLUTIONAL CODE
256 $YMBOLS PER SECOND

COMMAND CHANNMELS: 50

COMMAND BIT RATE: 1 BIT/S

COMMUNICATIONS
TWO-WAY DOPPLER
256 SYMBOLS PER SECOND
PCM/PSK, i MODULATED S-BAND
ANTENMA POLARIZATION: RIGHT-HAMND CIRCULAR

EMC
MODIFIED MIL-STD APPROACH

2, ELECTRICAL

ELECTRICAL POWER
SEE POWER PROFILE AND
8 VDC £ 10% POWER ALLOCATION TABLE
274 W-HR IN SECTION 7.8,

DATA HANDLING AND COMMAND
DATA CHAMMELS: & ANALOG/48 DIGITAL/32 BILEVEL
ANALOG-DIGITAL CONVERSION: 6/7/10 BIT WORDS
DATA STORAGE: 1900 BITS
DATA OUTPUT:
Al-PHASE MODULATED SUBCARRIER
RATE = 1/2, K = 32 CONVOLUTICONAL CODE
128 $YMBOLS PER SECOND
COMMAND CHANNELS: 25
COMMAND BIT RATE: 1 BIT/S
COMMUNICATIONS
ONE-WAY DOPPLER
128 SYMBOLS5 PER SECOND
PCM/PSK/PM MODULATED S-BAND
ANTENNA POLARIZATION: RIGHT-HAND CIRCULAR
EmC
MO DIFIED MIL-STD APPROACH

3, RELIABILITY 0.9

3. RELIABILITY 0.9

and risk. All probe designs were developed by a synthesis process that
combined various options of the following major items to form each config-
uration: aeroshell shape, descent capsule configuration, decelerator/stag-

ing, and electronics complement.

The pre-midterm studies, which led to the selection of preferred

Thor /Delta and Atlas/Centaur probe configurations, are highlighted in

Bwb



Sections 5.1.3 and 5.1.4. These configurations were developed on the

basis of the Version III science payload definition and a 1977 probe mission
launch date. The final preferred probe configurations, presented in Section
5.1.1, reflect decisions by NASA regarding the science payload complement,
launch vehicle, and probe mission launch date, which were made after the
midterm review. The results of the pre-midterm studies formed the basis
for the final probe configurations, Section 5.1.4.4 summarizes the ratio-

nale for this design.

5.1.1 Preferred Atlas/Centaur Probe Configurations

The preferred large and small probe cbnfigura_ﬁops.'for the specified
1978 Atlas/Centaur launch, carrying the” Version IV nominal science pay -
load, and reflecting the final results of the Phase B probe design effort,
are illustrated in Figure 5-3. Simplified large and small probe block dia-
grams indicating the principal electrical functions a.ndrinterfalcés are shown

in Figure 5-4A and 5-4B.

LARGE PROGE

SMALL PROBE
S-BAND ANTENNA

AEROSHELL

AFTERBODY RADDME

. A-EROSHELL
AFTERBCDY -

AEROSHELL -
FORERODY

ELECTRONIC
EQUIPMENT

FOREBODY
ESCIENCE AND ELECTRONIC
EQUIPMENT

Figure 5-3, Final Preferred Probe Configurations

. These configurations incorporate many features which will reduce
costs in comparison to probes design for a Thor/Delta launch vehicle., Ways

in which lower costs were achieved include the following:
o Increased design margins.

e Maximum utilization of flight proven designs, materials, and
hardware. o

e Commonality of equipment between large and small probes and
between probes and bus/orbiter.
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e FEasy accessibility to probe 1nstrurnents and subsystems, to
facilitate 1ntegrat10n and test. '

) M1n1m1z1ng new developments and test_féquirerﬁents..

These approaches with specific examples are discussed more. fully in Section

11, Section 6.1 defines in detail the preferred Atlas /Centaur probes. The

configuration options and trade studies that led to this selection and to the

preferred design for Thor/Delta probes are presented in the following

sections.

5.1.2 Configuration Options

Frobe configuration concepts developed during this study resulted
from a synthesizing process that combined various aerodynamic shapes,
decelerator staging schemes, and stabilization techniques with other
sele‘cted subsystem design approaches. All probe concepts studied were
configured to meet the science data, mission, and system design require-
ments, as limited by the launch vehicle payload weight constraint. The
other main factor driving the design concepts was the development of a low-

cost approach with the least imp-a.ct on risk as well as performance.,

5.1.2.1 Entry Configuration

Aeroshell Forebody

Aeroshell forebodies, consisting of blunted large angle cones were
the basic shapes studied. Cone half-angles of 1,22, 1,05, 0.96 and 0. 79
rad (70, 60, 55 and 45 degrees) were examined. The 1.22 rad (70 degrees)
aeroshell forebody was included since considerable aerodynamic data exist
for this shape from the Viking program. Considerable data also exist for
1.05 rad (60 degrees) cone shapes both from the Viking test Program and
other sources, and 0.96 rad (55 degrees) cone data are available from
PAET. To optimize the reflective heat shield performance and thus try
to reduce heat shield weight, a spherical segment (Apollo type) forebody

was also examined.

Aeroshell Afterbody

"The aeroshell afterbody configurations are based on considerations

of aerodynamic stability, weight, equipment integration, and interface with



the probe bus. A hemispherical afterbody is a simple stable shape. How-
ever, tailored afterbodies afford advantages in the area of lower weight
and improved 'low—'sp-eed‘ limit cycle behavior, as well as facilitate attach-

ment to the probe bus.

Existing versus New Configurations

The PAET, Viking, and Apollo aeroshapes were examined in this
study with the intent of making use of their available aerodynamic data,
thereby reducing development testing costs. These were traded against

new configurations tailored specifically to the probe mission requirements.

Identical versus Distinct Large and Small Probe Shapes

Common large and small probe shapes were traded against individual
shapes for each, Factors entering into the tradeoff are development testing
required, design change costs, entry heating, intermnal equipment integration,
probe bus installation, aerodynamic flight characteristics, and staging

techniques.

5.1.2.2 Descent Capsule

Spherical versus Nonspherical Pressure Vessels

A sphere is a simple, easily manufactured, and structurally efficient
pressure vessel. Nonspherical pressure vessels were also considered in
the attempt to maximize pressure vessel designh commonality for the large

and small probes and to facilitate obtaining desired c.g. locations.

Internal versus External Thermal Ingulation

A weight comparison was made between a heavier, denser external
thermal insul-:;Ltion and a lighter, less dense material internal to the pressure
vessel, Consideration of the pressure shell temperature, internal pressure,
and science integrdtion problems were the other factors involved in the
tradeoff. | | o

Pressure versus Nonpressure Protected Approach

A variety of pressure and nonpressure protectéd concepts were eval-
uated. Pressure equalized (i.e., nonpressure protected) designs included

concepts with filler materials, with atmospheric venting and phase change
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heat exchangers, and with cold gas pressurization. A.pressure vessel pre-
loaded to approximately half the Venus pressure and several completely
pressure protected designs were compared against the pressure equaliﬁzed

desipgns,

Fin versus Ring Stabilization {Large Probe)

Fin stabilized descent capsule configurations were traded.off against
ring stabilized versions. Fin number, length, and deflection angle was
varied to obtain optimum aerodynamic characteristics, evolving finally .
into a perforated flare configuration. Ring diameter and height above the
sphere major diameter were the aerodynamic variables for this class
of configurations. The two approaches were traded on the basis of aero-
dynamic performance, impact on aeroshell configuration, and science/

subsystem integration complexity.

5.1,2.3 Staging and Decelerator Options

Staged versus Unstaged, and Staging Techniques

Two versions not requiring parachutes were evaluated for the large.-
probe. . A mechanically staged concept in which the descent capsule is. |
released to expose the science instruments was compared to an unstaged.
concept in which the aeroshell was retained and the science deployed through
the aeroshell or ports jettisoned to expose the instruments, These no-para-
chute concepts were then evaluated against the parachute designs for risk,

performance, and cost.

One- versus Two-Stage Decelerator

A supersonic drogue stage was evaluated as a means to increase the
altitude at main chute deployment and augment the basic probe stability.

This was compared to a single stage subsonic main chute.

Canopy Types

Disk-gap-band, ringslot, ringsail, ribless guide surface, ribbon, and
cross-type parachute canopies were considered.  Factors involved in the
selection included drag/weight efficiency, stability, lift (glide) characteris-
tics, ballistic coefficient, opening load éharacter_istics, transonic speed

~operation and test history.
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Existing Desipgns

Parachutes from the Discoverer, Biosatellite, Viking, and Apollo
programs, plus existing aircraft decelerator, cargo, and man-carrying

designs were surveyed for applicability. A retro system was also studied.

Stowage /Deployment

A variety of schemes were derived to stow and deploy the parachutes.
All were complicated by the goal to place both the communication antenna
and the parachute on the centerline. Versions were evaluated employing
parachute canisters located at various positions in the forebody and after-
body area. Deployment methods studied included pilot chute, mortar,

drogue slug gun, pgas ejection, catapulting, and rocket extraction.

5.1.2.4 Electronics Complement

New versus Existing Hardware

Weight, volume, and cost were the key considerations in evaluating
new designs apaingt existing hardware to perform communication, data
handling and command and power distribution functions in both probes.
Sources of applicable hardware were Viking, Pioneers 10 and 11, and
classified programs. Other factors considered were degree of modification
required to sustain entry decelerations and applicability to both large and

small probes.

Common versus Custom Hardware

Commonality of electronic hardware between the large and small probes
and the probe bus/orbiter was evaluated with respect to custom designs.

Cost, weight, and size were the primary evaluation factors.

Subsystem Options

The tradeoffs itemized below and performed at the subsystem level
were not major configuration selection drivers, but did impact electrical
system definition and interfaces. These lower level trades and analyses

are covered in detail in Section 7.
® Regulated versus unregulated power bus

¢ Monovalent versus divalent battery charging
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e Centralized versus decentralized programmer

e Centralized versus dec entraliéed analog-to-digital converter
¢ MFSK versus PSK/PM modulation

e Convolutional versus Viterbi coding

® One-way versus two-way Doppler tracking

5.1.3 Thor/Delta. Tradeoffs

Twelve configurations for the large probe and three for the small
probes were examined and have been fully reported in MMC Technical Note
P73-203434-053, "Probe Configuration Study Summary'' submitted earlier
to NASA/ARC. This technical note is highlighted in this and the following

section.

The major options considered for the large probe were various de-
celerator systems, aeroshell shapes, and descent capsule stabilization
techniques as described in Section 5.1.2. These probe configurations are
shown in Figure 5-5 (A through E). The Phase B proposal configuration
featured a 2.1 -meter pilot parachute and a 7. 6-meter main parachute lo-
cated in a toroidal canister. This configuration was then updated with the
science payload defined in the Phé.se B study specification to provide a
baseline design. This primarily required a transmitter power increase
from 10.9 to 20 watts to accommodate the higher science sampling rates.
Seven of the configurations utilized a 2, 1 -meter pilot parachute with a
3.5-meter main parachute located in a smaller toroidal canister, The
3. 5-meter parachute is the minimum size required to allow the descent
capsule to be extracted from the aeroshell with a 1-g differential acceler-
ation. In addition, the pilot and main parachute locations, aeroshell shape,
and descent capsule configuration were varied. Two no-parachute concepts
were also studied. One featured 2 mechanically separated aeroshell to
allow for descent capsule release through the aeroshell, while the other
configuration retained the aeroshell and exposed individual science instru-
ments via sampling ports. Another configuration compared pilot deployment
versus direct mortaring of the main parachute, i.e., the 3.5-meter para-
chute is used with and without the 2. 1-meter pilot parachute. The 3.5 -meter
parachute can either be located in a small cylindrical canister or in a mortar

canister.
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The major configuration variable considered for the small probe is
the aeroshell shape. Three small probe configurations were studied
(Figure 5-6): one is an updated Phase B proposal configuration; the second
has a PAET afterbo.dy shape; and the third has a 1.05 rad (60 degrees) half-
angle forebody and conical/spherical cap afterBody. '

COMFIG 2 CONFIG 3B CONFIG 3A

- 45°

‘|A

- 125.7 KG/ME

B, - 78.5 XG/m? B = 141,38 KG/m

- 2 . ?
1979 kel Byg ~ 1919 KG/M Beq = 204.21 KG/M

Figure 5-6. Thor/Delta Small Probe Confiqurations

Bys =

©5,1.3.1 Results of Thor/Delta Configuration Studies

The configuration study results are summarized by the configuration
options defined in Section 5.1.2; a more complete description of the trade-

off studies can be found in the MMC techmnical note mentioned previously.

AerdshaE'es

The large probe forebody shapes evaluated were O 96, 1.05, and
1.22 rad (55, 60 and 70 degrees) half - angle blunted cones; and a 5pher1cally
blunted shape similar to the Apollo entry vehicle. The 1.22 rad {70 degree)
half-angle cone has so little volume in the foreBody that maintainiﬁg an
acceptable ¢, g. location for stability purposes i'equire-s too large and heavy
an aeroshell. It also has a much higher radiative héatiﬁg infaut. The Apollo
shape was discarded due to stability and p__a.cka'gihg proble.rhs;,; as well as
the high:radia.tive heating. The 1.05 rad (60 degree) cone shape, for which
considerable aerrodynamic. daté, exist, provided adequate- volume, ac;:eptaﬁie
heating input, lénd good entry stability, a-.nd had slightly gréater drag than
the 0. 96 rad (55 degree‘s). shape. Thus, the 1,05 rad (:60 degrees) half-

angle cone was selected as the preferred forébody shape.

The small probe forebody shapes evaluated were the 0,79 rad (45
degrees) half-angle and the 1.05 rad (60 degrees) half-angle common to the
large probe. The 1.05 rad (60 degrees) half-angle aeroshell was found to
be 5.4 kg heavier than the 0.79 rad (45 degrees) half-angle because of the

greater descent time and the larger diameter required to meet the c. g.
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location requirements. It was therefore discarded in favor of the 0.79 rad

{45 degrees) shape.

The afterbody shapes considered were the hemispherical (PAET)
shape, cone/sphere segment shapes, and biconic shapes. The PAET
afterbody was not selected for the large probe due to the increased weight
and complexity aspects of integrating the large spherical shape with the
spacecraft bus. The selected smaller 0.79 rad (45 degrees) cone afterbody
shape provided sufficient volume to house the selected flare-stabilized ver-
sion of the descent capsule and exhibited good entry stability characteristics.
In the case of the small probe, the 0.52 rad (30 degrees) cone/spherical cap
afterbody was selected over the PAET type because it provided better low-

speed oscillation characteristics and adequate pitch damping characteristics.

Decelerator Types

Two configurations with the 7. 6 -meter main parachute stowed in an
equatorial toroidal canister were discarded because the system was 7.5 kg
heavier than the minimum parachute required for separation and descent
velocity control. Also, deploying the parachute from the toroidal canister
was estimated to require a2 more costly development. Consequently all
configurations involving the toroidal canister were dropped. With the small
main chute (3. 5-meter diameter) selected, the near aft centerline chute
locations became feasible and desirable. A configuration employing a pilot
chute was developed when the aeroshell afterbody had to be removed to
allow for an up-looking solar radiometer window and the aureocle/extinction
detector was mounted on top of the descent capsule and rotated internally.
With the subsequently redefined solar radiometer as a solar flux radiometer
that could utilize a horizontal-looking window, and the decision to spin the
descent capsule instead of rotating the aureole/extinction detector, thereby
allowing a horizontal-looking window, it was found that the afterbody could
be retained during parachute descent. For this science arrangement a
decelerator system consisting of main parachute mortared directly becomes
the preferred design. For this size parachute {3. 5-meter diameter) this
approach is the lightest, least costly, and most reliable system, In it the
afterbody remains attached to the descent capsule until the parachute is

staged.
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Two no-parachute systems were evaluated and discarded. Thé .ratio-
nale for this decision is: increased weight (7. 7to11.8 kg), costs, and risks
associated with mechanically separating the aeroshell; and the inadequate
science sampling capability of the unstaged configuration, which could cause
inaccuracies because of converging channeled flow, contamination from heat

shield, and residual atmospheric samples retained in the science ports.

Descent Capsule Stabilization

The tradeoff study between the thin rings and the final flares was
based on spin tunnel and other aerodynamic test results. The flares pro-
vided more flexibility in ballistic coefficient control and greater resistance
to tumbling. Subsequent to the Thor/Delta portion of the design study, the
use of a centrally located perforated ring of finite thickness was found to

be a simpler, more effective design than either the thin rings or the flares.

5.1,3,2 Recomunended Thor/Delta Probe Configuration Summary

The probe configurations recommended for the Thor/Delta launch
vehicle are a large probe configuration with a single stage deceleration
and a small probe configuration with a modified (cone/spherical cap)
afterbody. The configuration drawings depicting this design are shown in
Figure 5-7 and 5-8, The functional block diagrams are shown in Figures
5-9 and 5-10. The selected configurations meet the mission and system
design requirements with the lightest weight, least cost, and most reliable

design of the systems evaluated.

KEY FEATURES

BALLISTIC COEFFICIENT (KG/M): ’ (25 ¥G) BALLISTIC COEFFICIENT (K G/MD);
ENTRY .7 307 | 45° ENTRY 125.6
PARACHUTE 18.9 / TERMINAL DESCENT  204.2

«° DESCENT CAPSWLE 550 PRESSURE VESSEL: 0,277 M X 0.267 M

PARACHUTE: SINIGLE STAGE, 3.5t M DIAMETER TITANIUM OBLATE SPHEROID

PRESSURE VESSEL: 0.5% M ID 'l BATTERY: B3 W-HR
ALUMINUM SPHERE 0.48 M TRANSMITIER: 9.1 WATTS MINIMUM

BATTERY: 207 W-HR Figure 5-8. Thor/Della Smatt Probe

1,37 M { TRANSMITTER: 20 WATTS MINIMUM

Figure 5-7. Thor{Delta Large Probe

5.1.4 Atlas/Centaur Tradeoffs

The primary objective of using the increased capabilities of the Atlag/
Centaur launch vehicle for probe configuration studies was to emphasize

low cost. Ground rules precluded use of the added weight capability to
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Figure 5-10. Recommended Thor/Delia Smatl Probe Block Diagram

enhance or modify the mission or science accomplishments of the system

defined for the Thor/Delta launch vehicle. The approach was to use the

increased weight and volume available to increase design margins, to use

existing designs to a maximum, and to reduce the design, development,

and test efforts to arrive at the lowest possible cost, The discussion that
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follows highlights the studies conducted up to the midterm review (documen-
ted more fully in MMC Technical Note P73-203434-053, ""Probe Configura-
tion Study Summary'), and reflects the Version III science payload. The
final evolution of the preferred Atlas/Centaur probe configurations from

the midterm designs is then traced in Section 5.1, 4, 4.

5.1.4.,1 Candidate Configurations

Nine major probe configurations were examined with minor tradeoffs
performed on the subsystems to develop the lowest program cost. The
system variations resulted from synthesizing configurations by combining
various aerodynamic shapes and decelerator concepts with selected sub-

system design approaches.

The first configuration developed was essentially an expanded Thor/
Delta configuration. Increased size wag used to accommodate existing
electronic packages, with higher safety and design factors to reduce design,
development, and testing. The next two configurations used various existing
aeroshapes and parachutes. Aeroshapes that were considered included
Vikiﬁg, Apollo, and PAET. Existing parachutes evé.luatedl included those
from Viking, Apollo, aircraft cargo, aircraft decelerators, and satellite
recovery. With these three configurations, thé lowest cost approach was
sought by optimizing the electronic hardware packages. Th'e‘hext block of
cén.figu.:ls-ati-oh tradeoffs evaluated a two-stage versus single stage parachﬁte
versus an unstaged approach. In an’'attempt to reduce peak entriy' deceleratic
levels and thereby provide some weight and volume capab:flify to accommodal
more existing electronics hardware, two additional configurations were
examined. Oné used retrothrusters and the second employed a lifting aero-
dynamic shape. The final configuration concept used the added weight
and volume capability of the Atlas/Centaur launch vehicle to accommodate
an alternative Version III science payload, which made maximum use of

existing instruments to minimize the science development costs.

5.1,4.2 Results of Configuration Studies

Aeroshapes
The PAET forebody shape was adopted without change for both large

and small probes. However, the mounting of the probes into the bus
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required tailoring the afterbody to facilitate installation into the bus. The
PAET afterbody shape is hemispherical, but was modified to a conic shape
with a spherical cap around the antenna. All other shapes were discarded.
The Viking configuration placed the c. g, too far aft for a stable design.
The Apollo version is not stable at subsonic speeds. The lifting entry
analysis indicated that the maximum peak load reduction is on the order

of 15 percent. This approach was not considered practical in view of the
added complexity of the required attitude control system. The reduction
of entry velocity by a retro-maneuver included schemes with a bus maneuver
prior to probe release, probe release from an intermediate orbit, and a
probe retro-maneuver at entry. None of these schemes provided enough
peak load relief, considering the fuel weight penalty. At best the peak
load was reduced to a 146-g level, with a fuel weight penalty equal to the
weight of the probes, The mechanically staged or unstaged versions were

discarded for the same reasons as in the Thor/Delta study.

Decelerator Types

Several combinations of parachute options were evaluated for the
largé probe. The Viking 15.24-meter disc gap band parachute was a mis-
application for a direct mortar single stage deployment, because it is
unable to withstand the 1436, 4 N/nnz dynamic pressure at inflation, Itis
designed for a maximum dynamic pressure of 526.7 N,/In2 and is unstable
at descent velocities below 3.05 m/s. The descent velocity of a fully in-
flated Viking parachute at 6090 km would be 2. 44 m/s.

Each Apollo main parachute is a 26.06-meter, 58.97 kg ringsail type
and the pilot parachute is a 2.1%-meter, 11.34 kg ringsiot parachute. The
weight of the Apollo main parachute ‘obviated its use. However, the Apollo
drogue parachute combined with a Viking parachute was a potential candi-
date for a two-stage deployment scheme. This configuration was acceptable,
but was heavy and resulted in a slower descent than desired. The Apollo
drogue, with a 4,42 -meter diameter ringslot was the most viable design
for a two-stage deployment approach. The best weight and performance
was achieved using a new 2, 44-meter pilot and a new 4, 27 -meter main -
parachute design; however, cost consideration eliminated this version.

The no-parachute design was also dropped based on the Thor/Delta
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conclusion. The single stage 4. 42-meter diameter ringslot parachute was
selected as the preferred configuration (existing aircraft deceleration

parachute).

Descent Capsules

To permit relaxing tight fabrication tolérances and eliminate the
structural test model, the safety factor was increased from 1.0 to 1. 25
times the limit load impressed at 9. 49 I\V/IN/nrl2 (93, 6 atmospheres). The
Thor/Delta approach was to design for failure at 9. 49 Ml\'f/m2 (93.6

atmospheres), the pressure at the Venus mean surface level,

Three pressure vessel configurations were evaluated for lowest cost,
Individually sized spheres to accommodate the large and small probe pay-
loads were the lightest and smallest. Using a common end dome with a
length of cylindrical center section sufficient to enclose the requireci
probe volume was heavier, but permitted easier access for installation.
The third design, the Thor/Delta configuration, was selected based on
ease of installation and access. The cost of all three was essentially the

same.

Heat Shield/Thermal Control

Increasing the heat shield ‘safety factor from 1.4 to 1.6 and using a
more effective, but denser, heat shield material would reduce the develo_p-
ment and material costs 15 to 20 percent and eliminate all of the wiﬁd
tunnel heat transfer tests. Thermal insulation thickness was increased
to reduce the shell temperature from 625 to 562°K for a safety factor of
1.37. This provides a cost reduction in the thermal balance tests for the

post-separation, cruise, and descent phases.

Electrical/Electronics

Commonality of battery deéignl was achieved by satisfying the small
probe requirements with one battery design and the large probe requirement:
with two of these connected in parallel. To take advantage of a low-cost
"quantity buy, " the probe bus will also use the same battery cell, though

not the same battery design.

Data handling system designs existing from IMP, MVM '73, Viking,

0S80, and Pioneers 10 and 11 were surveyed. The Pioneer hardware was
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selected because of lower cost, weight, and power, better magnetic prop-
erties, and performance factors. The same unit would be used in both

probes.

Candidate transponders were evaluated from the Pioneers 10 and 11,
Mariner, and Viking. The Viking unit was selected as most compatible with
the least modification required for qualification, and most up-to-date design
approach. Companies prominent in the design of power amplifiers for space
applications were surveyed, but no existing qualified units were found to
meet the probe requirements. One existing unit would be qualified for the
small probe and two identical units used in parallel for the large probe.

This approach will achieve hardware commonality and meet performance

requirements.

5.1.4.3 Recommended Pre-Midterm Atlas/Centaur Probe Configuration

The PAET forebody with modified afterbody was selected as the
common aeroshell configuration for both large and small probes, thereby
reducing the amount of wind tunnel testing required. The selected single-
stage parachute configuration is the preferred design and meets the mission
and system design requirements with the lightest weight, least cost, and
most reliable design. The configuration drawings depicting this design are
shown in Figures 5-11 and 5-12 for the large and small probes. The
selected design has achieved the lowest cost by applying the increased
weight and volume capability of the Atlas/Centaur launch vehicle to gain
increased safety factors and design margins. Common electronics and
"existing design'' components are used for both probes. The functional

block diagrams are shown in Figures 5-13 and 5-14.

{258 KG)

¥EY FEATURES
BALLISTIC COEFFICIENT (KG/Mz)

ENTRY 86.4
55°
PARACHUTE 18.8 .
TERMINAL DESCENT  188.5
/ DESCENT CAPSULE 550
< PRESSURE VESSEL: 0.35 M X 0.47 M

BT ERATOR ALUMINUM CBLATE SPHEROID
' BATTERY: 132 W-HR
1.75 M , BATTERY: 786 W-HR

BALLISTIC COEFFICIENT (KG/M?)
ENTRY n3.9

PRESSURE VESSEL: 0.41 Mm 1D
ALLMIFIUM SPHERE TRANSMITTER; 20 WATT POWER
AMPLIFIER

TRAMSMITTER: PARALLELED 20 WATT Figure 5-12. Recommended {(Midterm) Atlas/Centaur
POWER AMPLIFIERS (36 W TOTAL) Small Probe Conligurlion .

Figure 5-11. Recommended {Midierm) Atias/Centaur
Large Probe Configuration
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AURECLE EXTINCTION DETECTOR pa— CMO
NEUTRAL MASS SPECTROMETER [+ 1tM
SHOCK LAYER RADIOMETER

SCIEMCE
{VERSION 111}

Figure 5-13. Recommended (Pre-midterm] Atlas/Centaur Large Probe Block Diagram

POWER CONTROL UNIT*

POWER > Y ‘l { {
* = IDENTICAL TO
CHARGE PYRO LARGE PRQBE
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TO PYRG RING .
— AND ENGINEE NTENNA
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L MODULATOR
TEMPERATURE
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ACCELEROMETER  fo-CMD WM AND D
NEPHELOMETER = TLM
MAGNETOMETER
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(YERSION N

Figure 5-14, Recommended (Pre-midterm) AtlasiCentaur Small Probe Block Diagram

The use of a science payload consisting of a mix of existing and
new instruments, plus common instruments where possible, for both probe‘

appears promising as a cost reduction approach. The recommended
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(pre-midterm) Atlas/Centaur configuration allows incorporating existing

science instruments applicable to the probe mission.

5.1,4.4 Development of the Final Atlas/Centaur Preferred Configuration -
Evolution from Midterm Design

Many of the conclusions from the Thor/Delta tradeoff studies and the
pre-midterm Atlas/Centaur study activities are embodied in the final pre-
ferred Atlas/Centaur design. However, evolution from the midterm design
to the final design was influenced by several additional factors and tradeoffs.
These contributed to the selection of a final design, which in some areas is
quite different from that identified at the midterm review, The primary

factors involved were:
1) The definition of Version IV Science.payload.
2) Further memory-complexity versus descent time tradeoffs,
3) Additional descent capsule aeroshape development test data.
4) The higher entry velocities of the 1978 launch opportunity.

5) Further evaluation of parachute canopy design relative to the

wind velocity measurement experiment.

Evaluation of the first two items resulted in a decision to employ a
slower descent during the parachute phase to simplify the memory and data
system design, and led to the definition of a considerably larger (6. 6-meter
diameter) parachute. This, in turn, caused a re-examination of the para-
chute stowage and deployment concepts as they influenced afterbody and
antenna configuration. Independent of this parachute /antenna configuration
activity, it was determined that a better solution to descent capsule aero-
dynamic stabilization was afforded by the simple central perforated disk
device than by the previously selected flare/fin arrangement. This opened
up the possibility for a more compact aeroshell afterbody design that im-
proved aeroshell staging reliability and facilitated closer coupling of probe
to bus. These possibilities were evaluated in conjunction with stowing and

deploying the larger parachute,

As a result of this study, a sharply cut back afterbody design was

selected for the large probe with an aft-centerline located, pilot-deployed
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parachute system., This afterbody design was not, however, appropriate
to the small probe configuration. The benefits of aerodynamic commonality
between probes were, therefore, reviewed, and the conclusion was reached
that the cost and performance benefits of the new large probe configuration
outweighed those of large and small probe geometric similarity. Other
factors in this decision were the opportunity it afforded to revert back to
the small probe Thor/Delta shape which performed best in subsonic wind
tunnel tests and the likely possibility that forcing identical geometrical
shapes on two probes with such distinctly different requirements could

lead to problems in the final design period. Other aspects of the evolution
to the final design are summarized in Figure 5-15, with more details of

the tradeoiffs discussed in Section 7. 0.

Aside from the overall parachute/antenna/afterbody design consider-
ations described above, additional canopy design tradeoff studies were also
performed. These studies stemmed both from the fact that the existing
F -105 aircraft decelerator chute previously selected was not compatible
with the new, slower descent profile and also from a concern about the
wind measurement aspects of the mission. A goal of very low lift/glide
hehavior during the parachute phase was established -in the interests of
obtaining valid wind measurement data. A review of canopy designs with
this criterion in mind resulted in the recommendation that a ribless guide
surface type canopy be used. Finally, no existing chutes were found that

were of the right general size range, regardless of canopy type.

5.1.5 Probe Environments

Environmental studies were carried out to determine the best estimate
of the environments that the probes are expected to encounter during the
mission in terms of maxXimum ranges or maximum levels, Prior TRW /MM
experience has indicated a need for uniform environmental requirements for
the design and verification of space vehicles, plus a need for a single projec
source for environmental data: With this approach, the probes and all -
associated equipment are designed to satisfy uniform proj'ect environmental

design and verification requirements.
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‘The environments were determined by mission phase; i.e., fabrication,
assembly and checkout, transportation and storage, prelaunch, launch and
trans -Venus injection, interplanetary cruise, Venus encounter, presepara-
tion, separation and probe cruise, Venus entry, and descent. In addition
to categorization by mission phase, the expected levels, design limits, and
ultimate factors of safety and margins were determined from which environ-
mental design and verification requirements could be generated for the probe
components, subsystems, systems, scientific instruments, and scientific

experiments.

The Atlas/Centaur Mission Planners Guide, the General Environ-
mental Test Specification for Spacecraft and Components, the Delta Space-
craft Design Restraints, Aerospace Systems Shock Data, and bus/probhe
environmental interfaces were considered during the generation of informa-
tion pertaining to the Atlas/Centaur and Thor/Delta launch and interplane -
tary cruise phase environments. The Models of Venus Atmosphere (1972)

was used to generate information pertaining to the near -Venus and Venus

environments.

5.1.5.1 Atlas/Centaur Environments

The Atlas/Centaur probes and associated equipment environments were
determined in the manner cited above. Table 5-3 summarizes the most
significant mission and verification requirements determined during the
- study. These values along with other environments of interest became the

governing values for design personnel throughout the study.

5.1.5.2 Thor/Delta Environments

The Thor/Delta probe and associated equipment environments were
determined in the same manner as cited above. HHad the Thor/Delta been
updated for Version IV nominal probe payloads, the environmental levels
would be basically like the Atlas/Centaur levels. The major environmental
differences are the lower structural, heat shield and thermal factors of
safety for Thor/Delta due to weight criticality, and lower launch vehicle

sinmusoidal /random vibration levels.
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Table 5-3.

Verification Levels

Atlas/Centaur Probes, Environmental Design and

PROBE
ENVIRONMENTS

DESIGM LIMITS

ULTIMATE FACTOR OF SAFETY ‘MARGIN

SPHERICAL RADIUS
CENTERED AT CG—

LARGE PROBE

MIOTERM
DESIGN
45°]\
5s°|’/
SMALL PROBE

THE CONCEPT OF A COMMG
AND WAS IMPLEMENTED BY

TWEEN THE HIGH Cp DESERED
Cgy DESIRED FOR THE NORST)
FLY WELL IN THE SN TUNN

EXALANATION

N PROBE SHAPE FOR LARGE AND SMALL PROBES WAS ADQPTED TO REDUCE AERO TESTING
ELECTING A FOREBODY CONE MALF ANGLE. THIS AFFORDED A COMPROMISE BE~
FOR THE ENTRY PHASE OF ;I'JlE STAGED LARGE PROBE FLIGHT PROFILE AMD THE LOWER
ﬁGF.D SMALL PROBE, THE 457 COME/SPHERE AFTERBODY, WHICH HAD BEEN FOUND TO
EL TEST O FOREBODIES (SEE SELECTED THOR/DELTA CONFIGURATION DISCUSSION),

WAS PICKED A5 THE COMMOM AFTERBODY SHAPE GVER THE 307 COME/SPHERE USED ON THE THOR/DELTA SMALL

PROBE SINCE THE 30" SHAPE
INCREASING DESCENT CAPS!
PORTED AND RELEASED AS IN
SUPPORT RING. AM ELLIFTIY
CG (5% OF THE FOREBCDY'D

WHEN APPLIED TO THE LARGE PROBE CAUSED $/C ATTACHMEMNT PROBLEMS AS WELL AS
LE SUPPORT STRUCTURE WEIGHT, THE FLARE STABILIZED DESCEMNT CAPSULE WAS SUP-
THE THOR/DELTA DESIGM BY EXPLOSIVE NUTS LOCATED AT THE TOF OF THE PAYLOAD
AL SHAPE WAS USED FOR THE SMALL PROBE PRESSURE VESSEL TO MAINTAIN A FORWARD
AMETER FORWARD OF THE MAXIMUM DIAMETER).

SMALL PRCBE LARGE PROBE

STRUCTURE
{TIMES FLIGHT LEVEL)

PAYLOAD EQUIPMENT
(TIMES FLIGHT LEVEL)

DECELERATION
AXIAL (o)
LATERAL (o)

ACCELERATION
AXIAL (b)
LATERAL (b)

SPIM RATE
LAUNCH {b)
PROBE CRUSSE (o)

TEMPERATURE
EXTERJIOR TO PRESSURE VESSEL

AFTERBODY (a)
FOREBODY (o}
PRESSURE SHELL (o}
PRESSURE SHELL EQUIPMEMT (o)
PRESSURE
LALINCH - PROBE (b)
CRUISE - PROBE (b}

EMTRY - DESCENT CAPSULE
EXTERNAL {a}

JNTERMAL (o)

VIBRATION
SIME (b)

RANDOM (o)

SHOCK (o)

ACCAUSTICS
LAUNCH {b)
ENTRY (a)

B G 358 G
856G 2G
06
126
90 RPM
10 RPM

209.8 1O 755 47K 177.6 TO 422.0°K

{-82 TO 900°F) (- 140 10 300°%F)
224.3 TO 755°K 2654 TO 541.5%K
(-56 TO 20°F) (18 TO 515°F)

275.9 TO 403.7°K 267.0 1O 369.8°%K

(37 1O 267°F} (21 70 206°F)
255,4 TC 338, 7K 255.4 TQ 338.7°K
0 T 150°F) {0 TO 150°F)

1.01 N/M5
{780 X 10~ TORR)

1.33 % 16717 n/m?

(10714 TORR)

0,01 MMN/ME TO 9,42 MH/ME
{0.1 O 93 ATMOSPHERES}

10,13 MN/ME
(1 ATMOSPHERE}

AXIAL 1.5 G; 5-15 HZ
4.5 G; 1521 HZ
b5 G: N1-100 HZ
LATERAL 1.5 G; 5-14 HZ
1,0 G; 14-100 HZ

4.1 G RMS-20-300 HZ + 3 DB/QCTAVE
300-2000 HZ; 0.92 PSD

5200 G v 2000 HZ

142 DB QVERALL LEVEL

14¢% DB OVERALL LEVEL I 141 D8 OVERALL LEVEL

e —
NOTE: THE DESIGHN LIMITS, ULTIMATE FACTORS OF SAFETY, AND MARGINS WERE ESTABLISHED BASED ON PROBE MISSIONS

1.56
1.56
1.56
1.56
1.56
1.5
1.0
v
1.0

0.00) N/ME

{1077 TORR)

.00} M/m?

(1073 TORR)

2

1175.08 MN /4

(116 ATMOSPHERES)

80,76 MN/M

(6 ATMOSPHERES)

AXIAL 4.6 G; §5-15 HZ
: 12.6 G; 15-21 HZ
4,6 G; 21-100 HZ
LATERAL 4.4 G; 5-14 HZ
3.0 G; 14-180 RZ

4 MIN/AXIS DURATION

9.3 G RMS-20-150 HZ + 6 DB/OCTAVE
150- 2000 HZ: £.045 PSD

4 MIMN/AKIS DURATION

3 ACTUAL SUCCESSIVE SHOCKS

146 Db OVERALL LEVEL
+3 0B QVERALL LEVEL

TO ASSURE ACCOMPLISHMENT OF SCIENTIFIC OBJECTIVES WHICH ARE SATISFIED PRICR TO SURFACE IMPACT,

(a} OPERATING CONDITION
(b) NONOPERATING CONDITION

- FOLDOUT FRAME |

1.25
1.25

1.25
1.25

125
1.25

1.0
1.0

1.0

2193 1O 348. 7K

{-65 TO 166°F) PLATE TESTS

10.13 MN/MZ 1O 5.06 M/mE
{1 10 0.5 ATMOSPHERES)

10.13 MNAMT TO 5.08 mnm?
{1 75 D.5 ATMOSPHERES)

10,13 MN/ME 70 5,06 M m?
{F 1O 0.5 ATMOSPHERES)

10,13 MN/M2
(1 ATMOSPHERE)

LATERAL
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19.6 G RM5-20-60 HZ: 0.05 PSD
60-300 HZ ' 3 DB 'OCTAVE
300-1200 HZ; D.25 PSD
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——————
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RFORATED, THICK RING LOCATED AS SHOWN. (SEE CHAPTER 7.1} THIS DESIGMN WAS
THE AEROSHELL ESSENTIALLY AS THE FLARE STABILTZED DESIGN HAD BEEN, HOWEVER
& M PARACHUTE CAUSED THE AFTERBODY TO GROW IN DEPTH AND THUS LENGTHEN THE
TRUCTURE WHICH, {N THE CASE OF THE RING STABILIZATION CONFIGURATION, WAS
POITIONAL ROLE AS A STABILIZIMG FLARE,

A/ SEP,

THE SMALL AFTERBODY SHO
THE CENTRAL, PERFORATED §
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N WAS INTRODUCED T¢ TAKE FULL ADVANTAGE OF SIMPLIFICATIONS AFFORDED BY
ING STABILLZATION DEVICES OM THE DESCEMNT CAPSULE. MAJOR ADVANTAGES PRO-
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DN EVENT LN THE EARLIER CONFIGURATION.)

ROBE TO SPACECRAFT NEAR PROBE CG AND TO EMHANCE COMMOMALITY OF ORBITER
FRUCTURE

CLEARANCE OF PROTRUDING SENSORS ON DESCENT CAPSULE UPON FOREBBODY SEP-
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LARGER PARACHUTE, STILL K
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METRICAL ANTENNA, INSTALLATION--BAD FOR THE ANTENHMA PERFORMANCE BEFORE THE
M BAD FOR THE AERO STABILITY OF THE SPHERE 14 TERMINAL DESCENT, COMNSEQUENTLY,
N CHUTE CONFIGURATION WAS EVALUATED THAT RELIEVED THESE DISADVANTAGES, THIS
FOUND MOT TO BE DESIRABLE DUE TO LARGE AMPLITUDE PITCHING MOTIONS INDUCED BY
NFLATION OUT TC THE SIDE OF PROBE (NOT DUE TO MORTAR REACTION SINCE THE MCRTAR
HE CG), THE DYMNAMICS OF THIS BEHAVIOR ARE DISCUSSED IN CHAPTER 7.5, THIS CON-

FIGURATIONM 1§ ALSO UNDErlRABLE SINCE [T REQUIRES BALLAST WEIGHT OF AN AMOUNT ABOUT £QUAL TO THE PARA-

ALTERNATE
ALOT LOCATION

MAIN
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SEP.—
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ILOT DEFLOYED PARACHUTE THAN THE OME JUST DISCUSSED IS THAT SHOWN IM THE AC-
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RESULTS IN SOMEWHAT OF A DEPARTURE FROM STANDARD PARACHUTE PACKAGING TECH-
ESSFULLY EMPLOYED IN AIRCRAFT EJECTIOMN SEAT PARACHUTE APPLICATIONS.

SPHERICAL
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@A

SMALL PROGE

TOP VIEW

OUT FRAME ‘2

THE COMNEIGURATICN FINAL

GULAR PACK FOR THE MAIN
TRANSPARENT CAMISTER (FI
15 PACKAGED IN THE LOW R
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FICIENT PERFORMANCE AN
OF THAT COMCEPT IN THE

AFTERBODY SHAPE DETERM|

THE HIGHER VELOCITIES OF
STSEPLY ENTERING SMALL F|
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LY SELECTED 15 QUITE SIMILAR TO THE PREVIOUS OMNE EXCEPT THAT TO ACHIEVE A RECTAN-
CHUTE, THE ANTEMNA IS LOCATED BELOW THE CHUTE PACKAGE. THIS REQLHRES AN RF
ERGLASS) AND USE OF NONMETALLIC ELEMENTS I THE PARACHUTE, THE METALLIC SWIVEL
ORTION OF THE CANISTER NEAR THE ANTENNA GROUMD PLANE. THIS DESIGN, COMTIN-

N TESTS TO VERIFY THAT ATTENUATIOM BY THE PARACHUTE 15 ACCEPTABLE, AFFORDS SUF-
COST BENEFITS RELATIVE TO THE COMMOM PROBE SHAPE TO OFFSET TH; cosT kDVANIAGES
REA OF AERQ TESTING. THE SMALL PROBE REVERTS TO THE OFTIMUM 45° FOREBODY /30"

ED FORIT IM SPN TUNNEL TESTS,

THE 1978 MISSION REINFORCE THE DECISION 1O USE THE 45° FOREBODY FOR THE MORE
ROBE, RADIATIVE HEATING RATES ARE {MCREASED 50% BY THE YELOCITY \MCREASE AND A
B DIATIVE HEATING RATE AS A 45" CONE.

Figure 5-15, Evolution of Preferred Atlas Centaur Design

5-27




r«.___‘;s.-%jﬁrcbé 'Bbs:ﬁ-;l Orbiter
¥ Configuration Tradeoffs .



ALL VERSION IV SCIENCE PAYLoAp

5.2 PROBE BUS AND ORBITER CONFIGURATION TRADEOFFS

5.2.1 Configurations Designed for Version IV Science and all
; Atlas/Centaur Launch for Both Missions in 1978

Minimum cost designs, which satisfy all program requirements for
the 1978 Pioneer Venus missions, are defined as the preferred configura-

tions and are shown in Figure 5-16.

THE BASKC REQGHUIREME NTS ARE:

LOW COST, STATE-OF-THE-ART, RELIABLE
o 5PIN STABILIZED :

PROBE BUS e SATISFY MINIMUM DEEINED SCIENCE ACCOMMODATION

_— VERSION By ‘

o EARTH-POINTING e 1978 LAUNCHES

= CONICAL SOLAR ARRAY > QPERATIONAL CAPABILITY USING THE 26-METER DSN

+ SEQUENTIAL RELEASE SUIBNETW

» .23 RAD (350 DEG) OMNIS . . mmuu COMMONALITY BETWEEN PROBE BUS AMND
PLUS HORK ANTENINA (AFT) ORBITER

& 6-WATT TRANSMITTER . a  ATLAS /CENTAUR LAUNCH VEHICLE FOR BOTH MISSIONS

a  ESRO MAY PARTICIPATE IN THE CRBITER MISSION.

CHARACTERISTICS PROBE BUS " ORBITER _
' LAUNCH DATE : LATE MAY 1978 - LATE AUG 1978
CRBITER - {TYFE I) (TYPE 1)
o EARTH-POINTING LAUNCH VEHICLE PAYLOAD CAPABILITY 782 KG (I7241) 508 KG (1120 18)
¢ CONICAL SOLAR ARRAY SPACECRAFT WEIGHT MARGINS (KG) . 11113 KG (245 LB) 11113 KG (24518}
« FIXED HIGH-GAIN DiSH
L SCIENCE PAYLOAD (KG) IBEKG GILE) 454 KG (100,116}
e 6.23 RAD (30 DEG) OMNE SOLAR ARRAY POWER (WATTS)
PLUS AFT HORN AT EARTH . s0.4 10
{PIONEERS 10 AND 11) AT VENUS 3 192
o S-WATT TRANSMITTER COMMUNICATION POWER (WATTS) s 6
o GIMBALLED RAM PLATFORM DATA RATE BITS/5) 1024 "

THERMAL CONTROE SCHEME FASSIVE ' PASSIVE

Figure 5-16. Pioneer Venus Missions Preferred Conflgurations

“The spacecraft conf:.guratmns for both mlssmns are based on a set
‘of fundamental program-defmed reqmrements plus a group of des1gn "
drlvers resu_ltmg from system and subsystem tradeoffs. These reqmre-
ments and desugn drivers lead to an optlonal orblter spa.cecraft and a set
of. alternatlve probe bus and 0rb1ter demgns based on modzfylng an. emst-
ing spacecraft ‘as shown in Figure 5- 17.  ‘The demgn drivers are dis- .
cussed in Section 5. 2.2; spacecraft/launch vehicle meéchanical iﬁterfaces
and preliminary designloads and environments are discussed in Section’
5.2, 6. - '



ALL VERSION IV
SCIENCE PAYLOAD x

ORBITER OPTION 1

- » NORMAL TO EARTH LINE
» CONICAL SOLAR ARRAY

» DESPUN HIGH=GAIN REFLECTOR
FOR DOWNLINK

» 12-WATT TRAMSMITTER AND
FANSCAN ANTENNA FOR
UPLINK

® 6.23RAD (35D DEG) OMNIS

THE OPTION T DESIGN IS COMPATIBLE WITH ESRO
PARTICIPATION BUT INCREASES COST COMSIDERABLY
AND REDUCES RELIABLUITY.

ALTERNATIVE CONFIGURATIONS (DERIVED FROM EXISTING DSCS II)

. i

PROBE BLS ORBTER
» NORMAL TO EARTH LINE s MNORMAL TQ EARTH LIME
s CYLINDRICAL ARRAY # CYLINDRICAL ARRAY
» SIMULTANEQUS RELEASE N « MODIFIED D5CS-II
s MODIFIED DCS-i » SAME ANTEMMA AS
» FARSCAN ANTENMA AND QFTION 1

AFT HORN

(THESE DESIGINS ARE VIABLE ONLY IF SIMULTANEOUS
SMALL PROBE RELEASE 5 ACCEPTABLE)

Figure 5-17. Optional Orbiter and Altemative Bus and Orbiter Configurations for
Version 1V Science and Atlas/Centaur Launch of Both Missions in 1978

5.2.2 Configurations Designed Under the Original Study  ALL VERSION Il
Ground Rules SCIENCE PAYLOAD

The original study ground rules called for a much lower science
data rate (see Sections 3. 3.2 and 3. 4. 2), required consideration of Thor/
Delta as well as Atlas/Centaur launch vehicles, and called for a 1977
probe mission launch date. On the basis of the original ground rules, we
had tentatively concluded that the lowest cost program would consist of an
Atlas/Centaur probe mission and a Thor/Delta orbiter mission. The con-
figurations that were developed to meet the original requirements a;;e
shown in Figure 5-18. The development of these configurations was
based on the same design drivers as those referred to in Section 5.2. 1.

These design drivers are considered in some detail in Section 5. 2. 3.

Table 5-4 presents the estimated cost variations that would result
from selection of various configurations other than the preferred earth-

Pointing designs.



ALL VERSION 111 SCIENCE PAYLOAD

PREFERRED CONFIGURA'i’IONS

PRCBE BUS ORBITER
o EARTH-POINTING CONICAL » MNORMAL TO EARTH LINE
SOLAR ARRAY

» COMICAL SOLAR ARRAY

» FIXED FAMBEAM ANTENNA
» BI-WATT TRANSMITTER

B BITS/S WITH 26-METER DSN
STATICN

« SEQUENTIAL RELEASE

» 6,23 RAD (350-DEG) OMNIS
PLUS 081 METER {2-FT} DiSH
(&FTY

" BOTH BUS AND ORBITER DESIGNS CAN BE LAUNCHED BY EITHER THOR DELTA CR ATLAS CENTAUR;
BUT MINIMUM CO5T 1§ ACHIEVED BY LAUNCHING PROBE MISSION ON ATLAS/CENTALUR AND
ORBITER ON THOR/DELTA

ORBITER OPTIONS -~ ANY OF THESE COMFIGURATIONS CAN BE LAUNCHED BY EITHER THOR/DELTA OR ATLAS/CENTALR

EARTH-PCINTING
QRBITER QPTION

COMICAL SOLAR ARRAY

FIXED HIGH-GAIN DISH
WITH CONSCAN

12-WATT TRANSMITTER

ORBITER OPTION 3

MNORMAL TO EARTH LINE
CONICAL SO LAR ARRAY
FIXED FANSCAN ANTENNA
12-WATT TRANSMITTER

QRBITER OPTION 1

NORMAL TQ EARTH LINE
CONICAL SCLAR ARRAY
DESPUN HIGH-GAIN REFLECTOR
12-WATT TRANSMITTER —

]

h

[ (i — .

THE EARTH-FOIMTER PROVIDES HIGH ANTENMA
GAIN FOR HIGH BIT RATE EVEM AT LOW POWER
THOUGH IT INCURS SOME ADDITIQONAL COST
BECAUSE IT REQUIRES A ROTATABLE RAM FLATFORM

OPTION 1 15 COMPATIBLE WITH ESRC
PARTICIPATION BUT INMCREASES COST
CONSIDERABLY AND REDUCES
RELIABILITY .

OFTION 3 SAVES MONEY WITH LOWER
TRANSMITTER POWER, BUT CANNOT
USE 26M DS SUBNET FOR BACKUF

Figure 5-18. Study Configurations developed prior to Redirection far Version IV
Science and 1978 Launches on Atlas/Centaur. These Low-Cost,
Low-Data-Rate Configurations are Viabie with Pre-Version IV Science

Table 5-4. Added Cost of Configurations Other
Than the Preferred Earth-Pointers
PROBE BUS ORBITER COst i

PREFERRED EARTH-POINTER

PREFERRED EARTH-POIMTER

DSCS-11 ADAPTATION WITH
SPIN AX1S PERPENDICULAR

PREFERRED EARTH«POINTER

SPIN AXIS PERPENDICULAR
AND DESPUN REFLECTOR

DSCS~11 ADAPTATION WiTH
FANSCAN ANTENNA AND
SPIM AXIS PERPEMDICULAR

BASELINE

BASELIMNE PLUS 51,300,000

BASELINE PLUS 3210,000

NOTE:  THE DSCS~11 ADAPTATION 1S LIMITED TO SIMULTAMEQUS RELEASE OF

THE SMALL PROBES.

ADAPTED FOR SEQUENTIAL RELEASE,
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The two other orbiter configurations shown in Figure 5-16 are the
perpendicular spinner with a 31-watt transmitter and fanscan antenna
(which would have been preferred for the pre-Version IV science payload
with its low data rate requirement) and the 12-watt version of this con-
figuration (shown in Figure 5-18 as Option 3). Of these, the 31-watt
design was estimated to cost about the same as the preferred earth-
pointer and the 12-watt version was estimated to cost about $140, 000
less. Neither of these configurations, however, could provide the high

data rate required for the Version IV payload.

5.2.3 Design Drivers ALL CONFIGURATIONS

Each of the following configuration design drivers was examined to
arrive at the most cost effective combination in terms of the spacecraft
designs. Together with other tradeoffs (described in the subsystem
definitions of Section 8) that have less direct effect on the configurations,
these design drivers form the basis for the spacecraft system configura-
tions. This section presents an overview of the detailed work that was

done during these tradeoff studies,

5.2.3,1 Spin-Axis Orientation

The relative positions of the sun, earth, and Venus are the funda-
mental considerations that affect the choice of nominal spin axis orienta-
tion for which there are three hasic alignments: earth-pointing, normal

to the earth and sun lines, and normal to the spacecraft orbit about Venus.

The choice of spin axis orientation affects overall science accommo-
dation, choice of antenna, and design of the solar array, For the probe
mission, large probe thermal control is also a major consideration, as

shown below,
Probe Bus

Before Venus encounter the demands on the communication subsys-
tem are minor in terms of both power and antenna gain., Most of the
science is inactive during transit so its power requirements are small.
Attitude control requires little power and thermal control needs none,

except for heater requirements associated with the basic alignment

choice,
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The small probes can be thermally controlled by insulation that can
be moved out ‘of their paths before probe releasé. The large probe, how-
ever, constitutes a major radiéting surface which would require either
heaters or a jettisonable thermal cover, as shown in Figure 5-19. " This
problem can be solved by orienting the spin axis toward earth so that the
large probe can be pointed toward the sun most of the time for solar
heating. There is an early period during transit, however, when elec-
trical heating would be required unless the spacecraft is maneuvered to
keep the solar heat input at a proper level. The conical array makes this
possible, as shown in Section 5. 2.2. 3. During this period, the space-

craft would communicate through the omni antenna.

(ZERO COMPOMENT POWER DISSIPATION WITHIM PROBE)

SOLAR ASPECT | .
AN HEATER |- DEPLOYABLE
OPTIONAL METHOD [kAD DEGY | REGUIRED SHIELD REMARKS
JETTISONABLE : ‘ :
MULTILAYER 1. UNHEATED PROBE 1.57 @0 100 oW
INSULATION SOLAR {-60°C/~85°0)
cover O VECTOR .
THERMAL SHIELD 2. HEATED PROBE 1.57 (90) X .| excessive power
(27 WATTS MEAR
EARTH)
3. INSULATION COVER 1.57 5 X X ADDED WEIGHT
AND COMPLEXITY
4, THERMAL SHIELD 1.57 (50) X ADDED WEIGHT _
AND COMPLEXITY
5. EXPOSED PROBE - - | - 1.57 (90} % .| LARGE OPERATING
FEMPERATURE RANGE,
UNACCEPTABLE
SPACECRAFT INERTIA
RATIO
&, EARTH POINTER VARIABLE RECOMMENDED
: : L : DESIGN

METHOD | NOT ACCEPTABLE (DOES NOT MAINTAIN LARGE PROBE TEMPERATURE), METHODS 2, 3, 53 REQUNRE HEATERS AND THEREFORE
INCREASED SO LAR ARRAY AND INCREASED BATTERY POWER FCR MAMNEUVER WHEN THE SUN ANGLE DEPARTS SIGNIFICANTLY FROM
.57 RADIANS {90 DEGREES!. METHOD 4 ADDS WEISHT (NOT CRITICAL FOR ATLAS/CENTAUR, BUT HIGHLY CRITICAL-FOR THOR DELTAY
AND MECHAMICAL COMPLEXITY FOR MOUNTING, LOCKING AMND EIECTING THERMAL COVER) THAT RULES T QUT FOR BOTH LAUNCH
VEHICLES. METHOD 6 IS RECOMMENDED; (T MAINTAING LARGE -PROBE TEMPERATURE BY SEVERAL MANEUVERS AFTER F?RST 55 DAYS OF
MISSION AND BY EARTH POINTING THEREAFTER TO MAIMTAIN APPRCPRIATE TEMPERATURE CONTROL.

Figure 5-19. Fffect of Spin-Axis Orientation on Thermat Control of Large Probe

The recommended scheme is a modified earth ﬁointér, which per-; |
mits control of spin axis pointing to eliminate the need for any heater
poweér and yet maintains required antenna orientation throughout the
mission. The solar aspect angle would vary from a minimum of 0, 21
radians (12 degrees), to a maximum of 0. 72 radians (41 degrees) at -

large probe release. Further details are shown in Section 8, 7,
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Orbiter

The spin axis orientation preferred for the orbiter is earth pointing
because it permits a fixed high-~gain antenna similar to the Pioneer 10
and 11 design. The ion and neutral mass spectrometers would have to be
mounted on a deployable gimballed platform to achieve the proper ram
angle, This adds some complexity to science data reduction and to ground
control operations for periodic updating during orbital opera.tion' to main-
tain ram pointing angles. The large fixed reflector, however, permits

substantial growth in science data rate.

For the Version III science payload, the science data rate was low
enough that a fanbeam/fanscan antenna configuration was adequate; then
the recommended spin axis orientation would have been normal to the
earth line and sun lines (except near syzygy, when an attitude normal to
earth line and nearly normal to the orbit plane of Venus is maintained).
This simplified data reduction and eliminated the need for a ram platform.
With the much higher data rates, and with a normal spin axis, however,

a large despun antenna (with attendant cost and reliability degradation)

would be required.

On the basis of cost, then, the earth pointing orientation is

recommended for the orbiter,

As indicated in Figure 5-17, however, an existing TRW spacecraft
could be adapted for these missions. This would have to be oriented
normal to the earth line, and would also require simultaneous small probe
release, This is described in Section 5.2. 3.4. It was studied on the
basis that adaptation of an existing design might result in the lowest cost
configuration. This turns out not to be the case, and there are other

undesirable features, as will be seen.

A co‘nfigu'ra.tion with its spin axis normal to the plane of the space-
craft orbit .a.bout Venus would require a double-gimballed antenna, which
would further i;:crease cost and cdmplexity and decrease réliability. This
approach was, therefore, rejeci:ed. It was used with great success for
the Atmospheric Explorer but, in this apf)licétion, high data rate commu-

nication could be achieved with a low-gain antenna in earth orbit,
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5.2.3.2 Antenna Selection o ALL PROBE CONFIGURATIONS

Probe Bus

As stated in the previous section, the choice of antennas is less a
design driver for the probe bus configuration than a logical consequeénce
of the choice of spin axis orientation. Given the selection of an earth
pointer (with variable orientation for 'la.rge probe thermal control) the
choice of antennas is clear: two flight-proven omni antennas, one pointing
forward and one aft, provide 6, 28-radian (360-degree} communication
coverage through the. gecond midcourse maneuver, and a proven medium-
gain horn‘fu‘lfills all communication requirements for the remainder‘ of

the mission. -

" If the spin axis is normal to the earth line (as it would be for the
alternative configuration} an additional medium gain, fanbeam antenna
would be reguired for downlink and a fanscan antenna for uplink. This

adds appreciably to the'cost.

Orbiter . ALL ORBITER CONFIGURATIONS

For a design with spin axis normal to the earth line, a fanbeam
Franklin array (see Figure 5-20) is the lowest cost antenna conflgura.tmn.
It is the same device as that used-on Pioneers 6 through 9. Since it is
fized, it interfaces simply and dlrectly with the spacecraft subsystems
but its modest gain capability does call for considerable transmitter
power to work with the 26 meter DSN subnet even with the relatively low

" data rates of the initial study guidelines. Adding a fa.nsca.n' section pro-

vides a precise attitude determination capability.

With the higher data rates required for science by the 13 April
redirection,‘ however, -antenna selection does become a design driver;
the fanbeam is no longer a viable alternative, The large, earth-poiating,
fixed reflector {similar to the dish used on Pioneers 10 and 11) provides
a high-gain, low-cost, reliable solution of the problem with low trans-

mitter power requirements, This is shown in our preferred configuration.

A despun reflector fed by a Franklin array, similar to the system

used on Helios, would also meet higher data transmission requirements
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ANTENMNAS

1

et

0.82Mm

{3)

0.87M

L)

TC NO. & (5M)

G.6M 0. 70RAD
- {40 DEG) | \
CHARACTERISTICS DESPUN PARABCLIC | DESPUN pARABOLIC - ELCCTRONICALLY | FIXED PARABOLOND | FRANKLIN ARRAY
CYLINDER ANTENNA DESPUN FLAT DESFUN ARRAY (@ POINTING)
PLATE REFLECTOR
ANTENNA GAIN (DB) 2.5 22,5 21 2 23.5 1
WEIGHT PEMALTY, KG (LB) 9.5 (20.9) 10.9 (24.0) 15.4 (34.3) 6.4 (14.1) 0 2.0 @.6)
PRIMARY POWER {WATTS) 56 54 78 4 a7 ¥
RELLABMITY 0,994 a.585 0.986 0.965 0,999 0.999
EA MODS5 REQUIRED DEA MODS *» ANTENINA STUDY CONTRACT | SCALED DOWN FLOWN ON
mﬁlc')ORP#EEﬂsT) STATLS o REQUIRED DEVELOPMENT FIONEERS 10 AND PIONEERS 6
* DMA AND DEA 11 REFLECTOR THROUGH ¢
MODS REQUIRED
* REQUIRES CAGING
COST PENALTY COMPARED 0.75 0.77 0.97 0.80 0 0.15

Figure 5-20. Qrhitar Antenna Tradeoffs

but would impose a cost and reliability degradatién implicit in the addi-

tion of a despin mechanism.

tion (as used on Intelsat III) is physically large and unwieldy and the

electronically despun array constitutes a new development, which is

risky from both.a cost and schedule standpoint.

A despun horn/flat-plate reflector combina-

A despun parabolic dish,

with integral despun feed, would also meet requirements but would bring

with it the additional interface and reliability problems of a rotary RF

joint and slip rings,

This would offer no advantages, as compared with

the Helios approach, so the despun reflector fed by the Franklin array

would be our optional recommendation.

a normal to earth line spin axis orientation,

This of course would accompany

In all cases, it is easier to

incorporate an X-band link (for the dual frequency occultation experiment)

on the earth pointer configuration.

5.2.3.3 Solar Array

ALL CONFIGURATIONS

Both the configuration of the solar array (conical or cylindrical)

and its location (above or below the center of mass or split and mounted

above and below) affect spacecraft design and performance.

The configuration tradeoff, as indicated earlier in this section,

favors the conical design for several reasons.
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Figure 5-21, Comparison Between Power Dutputs of Conical and
Cylindrical Arrays

comparative performance data relating to this choice. For the compari-
son, both configurations were sized to produce the same power at a solar
aspect angle of 1, 66 radians (95 degrees). Although the conical array
requires about 8 percent more cells than the cylindrical form, its output
is higher at the low sun angles that result during maneuvers. This gives
the flight operations crew freedom to maneuver without haste through a
wide range of attitudes without concern for battery power management
and saves on overall array size by eliminating the need for power to heat

the large probe.

Both probe bus and orbiter have to maneuver at low sun angles.,
Specifically, the solar aspect angles for the bus are between 0. 21 and
0. 70 radians (12 and 40 degrees) during probe release. The probe bus
and orbiter maneuvers for midcourse corrections can be made at almost
any angle, Consequently, we recommend a conical array for both

missions,

Probe Bus ALL PROBE CONFIGURATIONS

The study shows that a 0, 39 radian (22.5 degree) cone angle provides
a good compromise between the needs of the probe and orbiter missions

as well as providing hardware commmonality (see Section 8. 1),
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A cylindrical array could be used, if the spin axis were normal to
the earth and sunlines, but this {as indicated in Section 5. 2. 3. 1) would
require either a- lé,l;ge, heavy, jettisonable thermal cover for the large
probe or it would require heaters. To provide additional power for the
heaters, for example, would require a 50 percent increase in array size

alone. This approach is, therefore, not recommended.

To keep the array cool (and thereby minimize the number of solar
cells for a given power output), it is fnounted above the equipment com-
partment so that it can radiate to space. Decoupling it in this way from
the equipment compartment thermal control system also permits greater
freedom in mounting equipment and science instruments. The forward
location also facilitates adjustment of the center of mass bhelow the solar
array and so facilitates mounting the small probes in the plane of the
center of gravity for sequential release. It does introduce some attitude
drift due to light-pressure but this is small [about 0. 001 radian (0. 1 de-

gree)per day or less for the preferred configuration].

Orbiter ALL ORBITER CONFIGURATIONS

With the spin axis normal to the Venus orbit plane, a cylindrical
arréy would be adequate for the orbiter nut would not provide the opera-
tional flexibility during maneuvers that is provided by the conical con-
figuration. Nor would it maintain hardware commonality between the two
missions. This configuration could be converted to an ear th pointer,
however, simply by replacing the fixed parabolic reflector with a despun
reflector; the additional power could easily be provided by increasing the

depth of the solar array panels,

The forward location of the array does make it more susceptible to
attitude drift due to solar pressure, particularly for the Thor/Delta ver-
sions, because the center of pressure of the spacecraft configuration is
displaced from its center of mass. This drift could be removed by
splitting the array, with a forward portion {identical to the probe bus
array) and an added after-portion around the equipment compartment.
This would eliminate attitude drift by balancing out the light pressure but
the aft array would have to be back-insulated. With conventional array

packing factors, this would raise solar cell temperatures to near their
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upper limits. So a reduced packing factor and conducting substrates
would be necessary to provide an aceepta.ble cell temper'aturé"niergin. ‘A
further complication of the split array is that it makes it difficult to pro-

vide acceptable viewing angles for the Spectrometer instruments.

5.2.3.4 Sequential Versus S1multa,neous Small Probe Release

Both methods of probe release are capable of separating the small .
probes for geographical dispersion upon arrival at Venus. With simul-
taneous release, geographic separatlon is achieved by increasing the spin
rate. The higher it is, the greater the separation. Sequential release,
however, permits better control of separa.tio.n both spatielly (for geo~
graphical dispersion) and in time {for the added advanta.ge of i-edpndapt

communications coverage by the DSN).

This capability for careful targeting (and, .if nece‘ssefy, -retargeting)
also provides the capability for entry at or near zero angle of attack,
which reduces wobble, This, in turn, facilitates deterrhinati’on of atmos-
pheric density on the basis of data from the axial accelerometer, which -
is the only means of estimating the density, and hence the composition,

of the upper atmosphere.

Sequential release does require that the centers of rn“alssl of th_e
small probes be in the same plane as the composite center of mees of the -
bus after large probe release, The release of each small probe_then
causes spin axis translation without nutation, or tipping of the spin axis

with respect to the mechanical axis.

This constraint on spacecraft center of rmnass requires the center of
mass of all expendables to be located at the station common with the probe
centers of mass. This requires an equipment platform for mounting the
small probes, expendablee, and most spacecraft equipmeht; and'is con-
sistent with sequential release. The need to maintain the inertia ratios
of the bus <1.10 at all times also drives the mounting stations for the
small probes and most spacecraft equipment close together This is dis-~

cussed in Section 6. 2.

5.2.4 -Probe Bus Configuration Details

Probe bus spacecraft were configured for both launch vehicles. The

~ configurations all use a central cylinder to interface with the launch
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vehicle and to support the large probe. An annular equipment platform
is supported by the central cylinder and by a truss system, The small
probes are supported from the platform, with their centers of mass in
the same plane as the spacecraft composite center of mass after large
probe release in order to allow sequential release., Most of the bus
science instruments and spacecraft subsystem components are mounted
to the platform. The conical solar array is supported by the truss

system.

The spin axis orientation selected for each probe bus is nominally
earth pointing, to maintain large probe thermal levels during transit, as

described in Section 5. 2. 3. 1.

5.2.4.1 Thor/Delta Probe Bus Configuration @ T/D (1}

The probe bus configuration for the Thor/Delta launch vehicle is
shown in Figures 5-22 and 5-23, and a weight summary in Table 5.5,
This configuration meets all initial requirements but, in order to provide
an adequate weight contingency, several weight-saving items are incor-
porated in the configuration. These include a silver-zinc battery and a
beryllium central cylinder, which provide sufficient contingency but add
to the cost. ‘

5.2.4.2 Atlas/Centaur Preferred Probe Bus Configuration @AIC v

The Atlas/Centaur probe bus configuration, Figures 5-24 and 5-25,
is similar to the Thor/Delta bus but scaled up to accommodate the larger
Atlas/Centaur probes and to be compatible with the Centaur launch vehicle
stage and its fairing. The weight statement (Tabie 5-5) shows an adequate
contingency between the estimated requirement and the nét launch vehicle
capability for this mission., The larger Atlas/Centaur probes present
very significant cost advantages over the smaller Thor/Delta probes, In
addition, the larger platform area permits easier subsystem and science
component installation on the probe bus. For these reasons, plus the
ample contingency and its capability for additional science, the Atlas/
Centaur bus is the preferred over the Thor/Delta for the probe mission.
This preference has now, of course, become a requirement as a result of

the 13 April redirection,
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Table 5-5. Probe Spacecraft Configuration
Weight Summary

WEIGHT
DESCRIFTION THOR/DELTA ATLAS/CENTAUR
(KG (LB 1KG (LB}

ELECTRICAL F OWER 15.7 (34.7) 2.5 7.4
COMMUNICATIONS 9.4 {20.8) 13.2 9.1 )
ELECTRICAL DISTRIBUTION 12.2 (26.8) 15.5 @34.) |~
DATA HANDLING 3.9 ®.5) 1.9 ®.5)
ATTITUDE CONTROL 2.3 1) 2.7 %.0)
PROPULSION (DRY) 6.8 (14.9) 7.9 {17.4)
THERMAL CONTROL 10.4 (23.0) 15.5 (34.3)
STRUCTURE 44,1 (97.2) 75.4 (166.2)
BALANCE WEIGHT PROVISION 7 6.0 | 54 _(12.0)

PROBE BUS LESS SCIENCE (DRY) 107.5 @z | w10 (355.0)
SCIENTIFIC INSTRUMENTS — BUS 2 @as) | 138 _130.3)

PROBE BUS (DRY) Nne.7 261.8) | 174.8 (385.3}
PROBES 2.2 4sn.8) | 4737 (10444

SPACECRAFT (DRY) 340.9 a4 | a5 (1429.7) +X
HYDRAZINE PROPELLANT AND PRESSURANT 194 @28y | 19e . (43.8)

SPACECRAFT LESS CONTINGENCY 360.3 (94.2) | B4 (1473.5)
CONTINGENCY (NET ALLOWABLE)* 248 58 | 136 (250.5)

7.3%) (17.5%)
GROSS SPACECRAFT AFTER SEPARATION a85.1 @49.0) | 7820 (1724.0)
’/
*PERCENTAGE VALUES ARE RELATIVETO THE DRY SPAC ECRAFT WEIGHT,
.

—
|

R

Figure 5-25, Preferred Atlas/Centaur Probe Mission Spacecraft
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5.2.4.3 Alternative Design Based on DSCS-II Spacecraft

Several existing spacecraft configurations were examined for
adaptation to a Pioneer Venus design, but none proved as cost effective
as the preferred design. The DSCS-II spacecraft at first appeared as an
excellent candidate for conversion but detailed examination showed that
the modifications required to convert this communications satellite
(which is designed for operation at synchronous orbit) for the Pioneer
Venus mission compromised performance and cost more than designing
a simple, reliable, flexible pair of spacecraft specifically for the Venus

missions,

Figure 5«26 shows the probe mission spacecraft based on DSCS-II.
Notably, only a fraction of its solar array area is required, and accom-
modations for the probes require extensive structural changes and addi-
tions. A new launch vehicle/spacecraft adapter is required to support
the four spacecraft attachment points to the continuous Intelsat IV adapter

at the forward end of the Centaur.

oo

1T

N

Figure 5-26. Existing DSC5-I1 is Costly to Adapt even for Simultaneous Release
ot Small Probes and would be even more Costly ko Adapt far
Sequential Refease

5-46



v

Only if we are willing to sacrifice sequential small probe release,
can the DSCS-II be converted for the probe mission. However, .the struc- «‘
ture is considerably heavier (note that the DsCs-1I spacecraft was de- |
51gned ta support another identical veh1c1e forward of it), and the result—
1ng weight contmgeney for the Atlas/Centaur for the probe nussmn is
very small {~1.1 percent). Even for an exrstmg desrgn, th1s is not
adequate. For the orbiter, the correspondmg cont1ngency would be 7

percent.

The sacrifice of sequent1a1 release, the relatwe d1ff1c:ulty of attain-
ing desired instrument fields of view and mountmg some spacecraft
eqmpment the lack of growth and above all the cost of this adaptatlon,
lead us to select the earth-—-pomtmg confrguratlons. Throughout the study,
as we considered design changes to eliminate each of the a.daptatmn s

disadvantages, we were quickly led to the preferred bus design of
Figure 5224,

5.2.5 Orbiter Configtiration Details = ALL ORBITER CONFIGURATIONS

The conflguratlon tradeoff dlscussmns of Section 5. 2 1 1nd1ca1:ed -
that more than one combination of conﬁguratmn dr1vers merits eareful |
consideration, Therefore several orblter spacecraft conflguratmns have
been formulated: a preferred design, and three optlons usmg d1fferent
combinations of spin axis orientation and antennas. The funda.mental .
drivers for each launch vehicle are identical but, by takmg advantage of
the Atlas/Centaur's higher payload We1ght capahlhty, we have been ab_le
to use lese expeneive componente. Only the vpreferred canfiguration and

one option, however, are V1ab1e with the Version IV sc1ence pa.yload

Each orb1ter conflguratmn has been de51gned to mamtam maximum
commonality with the corresponding probe bus for each la.unch veh:;cle

candidate. The common elements are:
e Launch vehicle interface -

e C entral cyhnder, accommodatmg the orbit’ 1nsert1on motor and
support:mg the'antenna assembly :

o Equlpment platform, W11:h a d1fferent set of c:utouts and 1nserts

e Solar array and platform supportmg truss
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ALL ORBITER

CONFIGURATIONS

o Spacecraft subsystem corhponents
® Solar array conical angle,

The primary orbiter configuration tradeoffs for a given launch
vehicle involve its spin axis orientation and communications subsystem.
The power subsystem (and, therefore, the solar array requirement) is

derived from these selections,

5.2.5.1 Thor/Delta E:h') T/0 11 é“%o m ‘:ﬁ”':'lb "
Normal to Earth Line

With the spacecraft spin axis normal to the earth and sun lines,
the initially specified orbiter science system requirements are satisfied
without the need for a gimballed ram platform. The spin axis orientation

impact on science is described in Section 3. 2.

The difference between the several normal-to-earth-line configura-
tions is in their arrays of antennas and power amplifier, Figure 5-27
shows a design utilizing a despun reflector antenna, similar to the Helios
design, Forward and aft omni antennas, and a cocked fanbeam antenna
(for fanscanning) complete the antenna commplement., A conical solar
array retains commonality between the orbiter and probe bus arrays and
also allows off-normal operation without concern over power management.
This configuration, designated as Option 1, provides a high data rate,
conscan capability for attitude determination, and omni antennas for all
attitude communication during maneuvers. It also uses a 12-~-watt solid

atate transmitter.

With the 64~-meter subnetwork, it is feasible to reduce the space-
craft communications capability by replacing the despun reflector antenna
with a fanbeam antenna, similar to the device used on Picneers 5 through
9, A tilted fanbeam, for fanscan, and forward and aft omni antennas
complete the antenna complement (Figure 5-28). The 12-watt transmitfer
is retained. This configuration, designated as Option 3, has the smallest
power requirement and therefore the smallest array, which reduces sus-
ceptibility to solar pressure torque (due to the equivalent center of pres-

sure being displaced from the center of mass; see Section 8.5). This
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configuration is the least expensive of the Thor/Delta orbiter designs and

shows the highest allowable weight contingency.

By increasing the power of the transmitter, the fanbeam/fanscan
configuration can be made capable of using the 26 -meter DSN subnetwork,
A 3l-watt TWTA transmitter with the fanbeam antenna meets this re-
quirement; this Option 2 spacecraft is shown in Figure 5-29, Its solar
array is enlarged for the higher power transmitter. The higher power
TWTA is more efficient than the solid state transmitter, but a heat sink
is required to maintain acceptable TWT temperatures. The TWTA itself

is also significantly heavier than the solid state device.

In order to maintain a weight contingency similar to the 12 -watt
fanscan configuration of Figure 5-28, it was necessary to incorporate
several changes that further increased the cost of this design., These

include incorporation of a silver-cadmium battery instead of nickel-

- cadmium, and a beryllium central cylinder. Because this is the minimum

spacecraft that meets all program requirements, it was the preferred
Thor/Delta configuration before the Version IV science requirements

were announced,

Another possible configuration incorporated an electrically despun
antenna instead of the mechanically despun reflector of Option 1. This
is shown in Figure 5-30. Because of its higher development cost and

risk, this arrangement was not carried any further.

' Earth Pointer. For an earth pointing spin axis, a fixed high-gain

parabolic antenna can be used to provide high gain and high bit rate
telemetry during Venus orbit {Figure 5-31}, The communication subsys~
tem is based on a l2-watt solid state transmitter., An offset feed provides
conscanning, and the aft reflector antenna provides communhnications and
conscan functions during transit. A conical solar array supplies space-

craft powez.

This design is probably the only Thor/Delta version which could be
upgraded to carry the Version IV science compliment while retaining an
adequate weight margin, A deployable, gimballed experiment platform

is required to achieve the proper ram angle required by the ion and
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Figure 5-30. ThorfDelta Orbiter Mission Spacecraft Normal-to-Venus Orbital Plane Electronic Despun Antenna

neutral mass spectrometers; its design would use the same deployment/
gimballing device used by the radar altimeter antenna experiment. This
configuration requires software programming and at least weekly updating
to maintain ram pointing angles, which adds some burden to flight opera-

tions activities.

Table 5-6 compares the weights of the four Thor/Delta orbiter
configurations, and includes, for the preferred configuration, the changes
required to meet a minimum acceptable weight contingency. It is noted
that for the Atla.s/C:énta.ur orbiter configurations the weight saving (and

costly) changes are not required, as will be seen in the next paragraph.
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Table 5-6. Thor/Delta Orbiter Configuration
Weight Comparison Summary
31-WATT FANBEAM | 12-WATT FANBEAM " EARTH 12-WATT DESPUN
DESCRIPTION FAMSCAN FANSCAN POINTER REFLECTOR
' [KG (LE)} (kG @By IKG (L) IKG (LBY'

ELECTRICAL POWER 2.1 (92.8) 30.4 (66.9) 30.4 o.9) | 4.7 76.4)

COMMUNICATIOMS 15.9 (35.0) n.s (25, 4) 15.4 (34.0) 12,4 (27.4)

ELECTRICAL DISTRIBUTION 12.4 " (27.8) 12,6 7.8 12,5 (27.8) 12.% {27.8)

DATA HAMDLING 5.7 {12.5) 5.7 (12.5) 5.7 (2.5 5.7 (12.5)

ATTITUDE CONTROL 2.3 {5.1) 2.3 5.1} 2.3 (5.1) 2.4 (27.4)

PROPULSION (DRY) 6.8 (14.9) 6.8 (14.9) 6.8 {14.9) 6.8 (14.9)

SOLID INSERTION MOTCR (BURNOUT} . (20.0) 9.1 {20.0) 9.1 (20.0) ‘9.1 {20.0}

THERMAL CONTROL 14.9 {@2.9) 1.2 (24.8) n.z {24.8) 1.2 {24.8)

STRUCTURE 0.4 (89.0) 4y (¥2.3) 4.2 {97.4) 09 . (50.1)

BALANCE WEIGHT PROVISION 27 ey | T w0 |27 69 | 2.7 _(6.0)
SPACECRAFT BUS LESS SCIENCE (DRY} 152.5- (336.0) 134.2 1295.7) 140.4 (309, 4) 148.5 {327.3) .

SCIENTIFIC INSTRUMENTS 28,3 (s2.5) 28,3 @25 | =3 2.5 | .3 82.5)

SPACECRAFT (DRY) 180.8 (398.5) 162.5 (358.2) 1687 (371.9) 176.8 (389.8)

INSERTION MOTOR EXPENDABLES 84,4 188.1) B4.4 (186.1) 8d.4 (186.1) B4.4 {186.1}

HYDRAZIMNE PROPELLANT AMD PRESSURANT 174 (30.8) 7.4 @e.3) | 7 ge.3) | 17.4 {35.3)

SPACECRAFT LESS CONTINGENCY 262.6 ©22.5) | 264.3 (sg2.6) | 270.5 (596.3) | 278.6 614.2)

CONTINGENCY (NET ALLOWABLE 10.0 (2.1 28.3 {62.4) 22.1 {48.7} 4.0 (30.8)

) TTT17.4%) TN13.1%) 7)o

GROSS SPACECRAFT AFTER SEPARATION 2926 @50y | 2928 ©45.0) | 292.6 .  {e45.0) | 2928 (845.0)

“PERCENTAGE VALUES ARE RELATIVE T THE DRY SPACECRAFT WEIGHT,

o [B‘;-A/cm &Ncm )

w

.5.2.5.2 Atlas/Centaur Configurations ‘%5 A/C 11 ézvzlc'-lil £ A/C 1N

The Atlas/Centaur orbiter configurations are based on maxinitlizing

commonality with the Atlas/Centaur probe bus, which in turn was scaled
up from the Thor/Delta bus configuration to accommodate the larger,
Thus, the Atlas/Centaur

orbiters are similar to the Thor/Delta orbiters but scaled up to be com-

more cost-effective Atlas/Centaur probes.

patible with the larger Centaur shroud.

Figures 5432 through 5-35 show the preferred Atlas/Centauf con-
figuration and the designs for Options 1, 2, and 3 (which correspond to
the Thor/Delta designs).

options and the Thor/Delta versions is that the Atlas/Centaur options do

The main difference between the Atlas/Centaur

not incorporate the weight-saving items that were necessary to meet the
Thor/Delta weight constraints. Table 5-7 is a weight comparison sum-
mary of the four Atlas/Centaur orbiters and shows that, in each case,

the available contingency is more than sufficient.

5-55



X-BAND OCCULATION
RAM FLATFORM ROTATES 3.14 RAD
(108 DEG) AND CONTAINS IMS AND NMS

10N MASS SPECTROMETER

MAGNETOMETER

e +YL”" AND ELECTRONICS UNIT  APERTURE PLANE [1]

180 IN.

G UV SPECTROMETER

NEUTRAL MASS SPECTROMETER _—~" 1] L ' 171 RAD
/ it ” ';_____ (98 DEG)
y Ay - kY
X-BAND HORN i i AN N L : ,
0.70 RAD QH‘ N - | 0.017 X 0.007 RAD
b SECTION ¢
(40 DEG):]_ o Y7 Frm— Z ETP =R (1.2 X 0.17 DEG}
\<’  SOLAR WIND p / Py s (E) APERTURE PLANE [T]—/ FOV
2.97 RAD \ ANALYZER ?ég%"‘;é? N P L 3\3___CEAAND IR RADIOMETER
70 DEG) / \ | R - é 98 DEG
v Sl ‘
i ~— Y
/ f APERTURE PLANE [T] "X =" 105 rAD
r \ \ 3 R
ROTATED 1.57 RAD e Y/ XMTR . | e RoNcAL
iy SECTION (3
L (90 DEG) WA A = FOV
v SECTION |_-)/r _ RAM PLATFORM , _ S e
o J 3 4 (STOWED) Y \am—rsnv ELECTRON TEMPERATURE PROBE
” Tk T'H'F Y \L\ N ELECTRONICS |
RADAR ALTIMET INV - : ’ j .
{DEPLOYED) FTER 15 D\EG;//L : UNIT (ETP) 2.62 RAD
' \H N )|g _ {150 DEG)
" —SUN
/ ~__— " [STOWED RADAR ALTIMETER SECTIOND) :
o sEcTIONJ APERTURE ANTENNA, ROTATES SENSOR (2)
T 051 Rap 0RAD PLANE [1] J 314 RAD (180 DEG) SEEI:%CRHELD
AT N (:is DEGH | R
MICROWAVE f .
""" RADIOMETER 0.35 F‘E'E?\(\\ e ._ :
SECTION 13 CONICAL FOVY| - SECTION (;
NOTE: {IMS AND Nmﬂ __ — '
(1] APERTURE PLANE DOES NOT INERSECT i
ANY PART OF SPACECRAFT THEREFORE AN =

EMISSIONS FROM SPACECRAFT OR THRUSTERS
CANNOT ENTER DIRECTLY INTO APERTURE. SECTION A-A

ROTATED

2. [ IDENOTES OTHER CANDIDATE INSTRUMENTS.

Figure 5-32, Preferred Atfas/Centaur Orbiter Mission Earth-Pointing Spacecraft, Version 1V Science Payload



[!_:Lgv:\fc "

2.62 M

+X

FORWARD OMNI ANTENNA

1030 IN. DI'A

HIGH GAIN ANTENNA
(FIXED)
REFLECTOR
(DESPUN)
0.33 RAD
(19 DEG)

e

oM
4330 1N.

~ FAN BEAM

f
! 0.509

SOLAR ARRAY j

RADAR ALTIMETER

ANTENNA
. —SUN SENSOR
‘ = . ASSEMBLY
+1.57 RAD y TAED 1N
(=90 DEG) % 4 1450 N,
ROTATION \/ § 034 M
15.50 [N,
- Y ' i -
\0.04M !
50 IN.
SEPARATION PLANE
—+ “-AFT OMNI
ANTENNA
Figure 5-33, Atlastentaur Qrbiter Option 2 Despun Antenna '
Table 5-7. A.tlas/Centaur Orbiter Configuration
Weight Comparison Summary
OPTION 2 QPTICGN 2 PREFERRED OPTION 1
DESCRTION B B o T I -
) 1KG (LB)I KG (LBY] IKG {LB)] [KG (L)
% .
ELECTRICAL FOWER 50.8 (11z.0} 33.7 (78.6) 39.4 {85.8) 44.5 $8.13
COMMUNICATIONS 12.5 {27.5) 1.8 (25,9} 15,0 £330 12.4 (27,9
ELECTRICAL DISTRIBUTION 15.8 (34,8) 15.8 (34.8) 15.8 {34.8) 15.8 (34.8)
DATA HANDLIMG 12,5 (27.5) 12.5 (27.5) 18.4 (40.5) 18,4 (40.5)
ATTITUDE CONTROL 2.7 (6.0) 2.7 (®.0) 4.7 (10.3) 12.8 (28.3)
PROPULSION (DRY) 8.9 {15.3} 6.9 {15.3) 7.9 (17.4) 7.9 (17.4),
SOLID MSERTION MOTOR (BURNOLT) 18.7 @1.1) 18.7 (41,1} 18.7 41,1y 8.7 TR
THERMAL CONTROL 20.2 (44.5} 15.0 (32,0 15,2 (33.5 15,0 {33.0
STRUCTURE 73.4 (161.8) 73.0 (181.1) 73.7 (142.5) 72,0 {158,8)
BALAMCE WEIGHT PROVISIGN 5.4 12,0 5.4 _(12.9) _5.4 {12.0) 5.4 2.0
SPACECRAFT BUS LESS SCIENCE (DRY) 218,9 (482.5) 197.5 (435.3) 214.1 (472,0) 223.1 (491.9)
SCIENTIFIC INSTRUMERMTS 1.0 72.9) 32,0 _72.9) 454 (100.1) 454 {100.1)
SPACECRAFT (DRY) 251.9 (555.4) 230.5 {508.2) 259.5 (572.1) 2568,5 {592.0)
IMSERTION MOTOR EXPENDABLES 126.1 (278.0) 126.1 {278.0) 144.5 (218.5) 14,5 (318.5)
HYDRAZIME PROPELLANT AND PRESSLRANT _14.2 134 4.2 3y 181 {39.5) 1 @B
SPACECRAFT LESS CONTINGENCY 392.2 (864.8) 370.8 (817,6) 4221 ($30.5) 4311 {950.4)
CONTINGENCY [NET ALLOWABLE)* 3.2 (95.2) 64,6 (142,4) 85,9 (18%.5) 76.9 (169.6)
(17.1%) et N e TR TNy T
GROSS SPACECRAFT AFTER SEPARATION 435.4 (960.0) 4354 (560.0) 0.0 {1120.0} 508.0 (1120,0}

*PERCENTAGE VALUES ARE RELATIVE TO THE DRY SPACECRAFT WEIGHT,
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Figure 5-35. Atlas/Centaur Orbiter Option 3, 12-Watt Fanbeam/ Fanséan

For the Version IV science payload, only the preferred ana Option 1
orbiters are viable, as shown in Figures 5-16 and 5-17, because of the

limited data ra.t'_e capabilities of the other configurations.

5.2.5.3 Preferred Atlas/Centaur Orbiter Configuration [B}-Alc v

The preferred orbiter configuration is shown in Figure 5-36. It.is
the lowest cost design that meets the requirements of the Version IV pay-
load and all 1978-launches with Atlas/Centaur.
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For the Version III science payload, specifying the Atlas/Centaur
for both missions, we had selected the Thor/Delta 31-watt fanbeam.fan-
scan configuration as the lowest cost‘ design, which could operate with the
26 meter DSN subnet. Our studies had shown that the additional cost of
the Atlas/Centaur launch vehicle was greater than the additional cost of
designing and building an orbiter for for the Thor/Delta (which would
meet the original program requirements and have an adequate weight

contingency for the Thor/Delta).

NASA's selection of the Atlas/Centaur for both missions, therefore,
implies that additional cost factors are being considered (beyond the $9-
million launch vehicle cost that was originally provided as a working
figure). The following items summarize our understanding of these addi-
tional factors:

e Savings arising from the use of a common launch vehicle for two

launches 3 months apart. These include launch vehicle procure-

ment, NASA management costs and reduced launch operations
cost,

e Uncertainty in the definition of the orbiter science instruments
and their requirements, and lack of margin in the Thor/Delta
orbhiter to meet possible increased requirements,

e The desire to avoid the development of a spacecraft which is too
constrained to be useful in possible follow-on missions to Venus
or Mars.

5.2.6 ESRO Configurations

The primary impact of ESRO participation is the orbit insertion

system and antenna for the orbiter mission.

ESRO's preferred orbit insertion system is the regulated pressure-
fed liquid bipropellant Symphonie retro design, as described in the MBB
study. It is fully qualified. 'Figure 5-37 shows the orbiter spacecraft
with this NZO4/Aerozine 50 monotank system and the Helios despun re-
flector installed as sized to be launched by the Thor/Delta. The main
impact on the configuration is the size of the central cylinder required to
accommeodate the propellant tank. The despun reflector of the Option 1
orbiter {see Section 5. 2.4) is from Helios and is the antenna recommended

to ESRO in the MBB study. If this is the selected system for the orbiter
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Figure 5-37. Thor/Delta Mission Spacecraft ESRO Propulsion and Antenna

spacecraft, the probe bus spacecraft will be configured with a corres-

ponding central cylinder, for maximum structural commonality between

missions, as shown in Figure 5-38.

5.2.6.1 Liquid Versus Solid Orbit Insertion Propulsion

An alternative to the liquid retro system is the SIRIO solid pro-

pellant motor, as described in the MBB study., This motor would be inter-
changeable with the all-NASA solid orbit insertion motor (described in

Section 8. 6), and therefore would have no impact on the configuration,

When used with the Thor/Delta, the multiple restart capability of

the liquid engine opens up the possibility of also using it as a fourth stage
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It appears that a net pay-

load increase to venus orbit of as much as 13,6 kilograms?‘ (30 pounds)

could be realized with this' multiple use; if used only for first midcourse -

correction the increase would be 2.5 kilograrhs (5.5 pounds), which reé=-"

sults from the difference between the specific' impulse of the ‘bipropellant "
(305 seconds) versus the hydrazine RCS (220 seconds).

In either case’

additional pyrotechnique valves would be required to insure no leakage °

during the cruise period.

of the tankage is devoted to orbit insertion.

solid propellant motor suitable for this version.

In the Atlas/Centaur version, the full capability

There is no known European

5.2.7 Spacecraft/Launch Vehicle Mechanical Interfaces

The envelope describing the maximum physical dimensions of the .

spacecraft is shown in Figures 5-39 and 5-40 for Thor/Delta and Atlas/

Centaur launch vehicles.
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For Thor/Delta, the interface with the TE-364 third stage is a
standard 25 x 12 or 37 x 31 spacecraft-to-launch-vehicle adapter; the
former is structurally adequate and significantly lighter than the latter
and so is the recommended selection. Spinup is accomplished by a

standard spin table, before firing the third stage motor.

The interface with the Centaur stage is a standard Mariner-Venus-
Mercury (MVM) adapter, to which a new spacecraft attach fitting will be
bolted., This new fitting interfaces with the spacecraft, using a separable
V-band clamp. An existing, ordnance-actuated 0. 96 meter (37. 75 inch)
diameter V-band clamp will be used for spacecraft separation from the
third stage. This is shown in Figure 5-40. Thus, a new attach fitting
will have to be developed, but the critical V-band clamp will be an exist-
ing design. No spin table is required; the Centaur stage will provide
substantially all of the required spinup, with the spacecraft thrusters

supplying any remainder to attain the desired rate,

An alternative for Atlas/Centaur may be to use the MVM adapter
with the MVM attach fitting, as described in Appendix D to NASA/Ames
Specification No. 2-17502. The spacecraft would mate to the attach
fitting by means of an existing 1.4 meter (55-inch) diameter, ordnance
activated V-band clamp. This scheme would impose a requirement on the
spacecrait to mate at the 1.4 neter (55 inch) diameter. The mating space-
craft aft skirt would have to be of truss construction, to enable the
thermal louvers on the aft surface of the spacecraft equipment platform’
to have a minimum of reflection from the skirt. Since it is desirable to
retain the 0. 64 meter (25 inch) diameter central cylinder to accommeodate
the orbit insertion motor (and support the large probe on the probe bus)
the aft skirt would be relatively shallow which, in turn, would impose
high radial loads on the eight mating projections of the MVM attach fitting.
These loads are not consistent with the loads imposed on the fitting by the
MVM spacecraft, and therefore the fitting would require extensive design.
Thus, a new attach fitting is a2 more effective choice: the spacecraft skirt

is not complicated, and load paths are smooth.
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5.2.8 Preliminary Design Loads and Envirénments_

Based on flight experience with both Thor/Delta and Atlas/Centaur
booster system, preliminary design loads and environments have been
tabulated in Tables 5-8 through 5«17, and Figure 5-41. These include
recommended component qualification levels. Aerodynamic response
analysis to reflect the actual response of the spacecraft-booster stackup
has been performed to update these preliminary values; this is described
in Section 8. 8. During the hardware design pha}s e, it will be .repeated to

‘give the final design and test environments.

Table 5-9,

Thor/Delta Acoustic Levels
(Rualification Level)

Table 5-8.
Thor/Delta Design Loads (Limit)
(Ultimate Factor = 1., 5)

AXIAL LATERAL SOUND PRESSURE
CONDITION ) (G) FREGUENCY LEVEL
(DB)
LIFTOFF 2.9, 1.0 9.3
POGO 9.7, -0.3 +0,5 57.510 75 130
MECO +12.0, -0 +0.65 7570150 135
THIRD STAGE BURNOUT +16.0 COMBINE AXIAL WITH 150 70 300 138
$.42 RAD/S (9C RPM) 300 TO 600 140
SPIN RATE {0.23 G/IN) 1200 TG 2400 138
ORBIT INSERTION +16.0 COMBINE AXIAL WITH 134
(ORBITER OMLY) 6.28 RAD/S (60 RPM) 2400 TO 4800 8
SPIN RATE 4800 TO 9600 129
STIFFINESS REQUIRED 35 HZ 20 HZ OVERALL 146
- — DURATICON 1 MIN

Table 5-10. Thor/Delta Vibration Environments
(Qualification Lievel)

'“ﬁ
FREQUENCY ACCELERATION
™PE DIRECTION
0 (HZ) @)
SINUSOIDAL AXIAL 57015 2.3G OR0.013 M
(0.5 INY DOUBLE
AMPLITUCE
1570 21 4,8
21 TO 100 2.3
LATERAL 510 14 2,36 ORO.012 M
0.5 1N} DOUBLE
AMPLITUDE)
14 TO 100 1.5
TYRPICAL —~RANBOM VIBRATION
FREQUENCY | PSD,LEVEL |ACCELERATION| DURATION
PIRECTION (HZ) (G/HZ) 1G (RMS)] (MIN/AXIS)
THREE 20 TO 30 +3 DH/OCT - -
MUTUALLY
LAXES 300 TO 2000 0.0453 - 2.2 2
R
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Table 5-11.
Atlas/Centaur Design Loads
(Limit) (UltimateFactor = 1, 5)

J——
AXIAL LATERAL
DITION
CONDI () ©)
LAUNCH 6.5 2.0
ORBIT INSERTION B.D COMBINE AXIAL WITH
6.28 RAD/S (40 RPM)
) SPIN RATE

e ———

Table 5-12, Table 5-13. : _
Atlag /C entaur Vibration Environments ‘ ,_A_Atla,s/ Centaur Ac oustic
{Qualification Level} Levels (Qualification Level)
TYPE DIRECTION FR Eﬁg}ENCY ACC ii.GE)RAT ION c ESTCE'LAF\;EE(%?ESCY SOUN EEI:/REE.SS URE
- {HZ) {DB)
SINUSOIDAL AXIAL 57T08.5 0,015 M (0.6 IN) -
: . DOUBLE AMPLITUDE 15.8 1
{2 OCT/MIN) ans 128
8.5TO 2000 | #2.3G (2 OCT/MIN} o3 154
ST °Tee DOUBLE AKPLITUDE 125 138
8 70 2000 456 250 14
500 138
. TYPICAL — RANDOM VIBRATION 1000 132
] . 2000 g7
prection | F RE&%‘;NCY ';; ;:;’)EL Acfé"(ikh‘:‘;;]‘m mﬁ}ﬁ:\s‘) a000 - 132
8000 132
THREE 2070 150 ° & DB/OCT OVERALL 146
MUTUALLY | 150102000 | 0.045 DURATION 2 MIN
— ———
Table 5-14. _ : Table 5-15.
Component Design Criteria Component Sinusoidal Vibration
Sustained Acceleration : {Qualification Level)
(Qualification Level) e —————————
OIRECTION ma%ch AC(CéLGEfSTiON
DIRECTION "“ccf'é)”‘""” .
AXIAL | 5TO15 56 OR0.013 M
o~ | w samsoe
LATERAL 10 1570 21 15
(RADIAL) ' 211035 | 7.5
3570 50 5.0
5010100 3.0
5TO 30 5G ORD.013 M
{0.5 1N) DOUBLE
AMPLITUDE
3070 100 3.0
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Table 5-16. Component Random Vibration
{Qualification Level}

[
DIRECTION mlffh‘fé*;c" PSDLEVEL |ACCELERATION| DURATION
H2) (G2/HzZ) (G (RMS)] {MEM/AXIS)
THREE 20 TO 60 0.05
MUTUALLY | 44 10 300 +3 DB/OCT
LAXES 19.6 1
300 TO 1200 | 0,25 .
1200 TO 2000 | -6 DB/OCT
4000

Table 5-17.

L T T 1T
EQUIPMENT MOUNTED

Component Acoustic Levels NEAR PYROTECHNIC DEvicE /
(Qualification Level) 2000 /
OCTAVE BAND | SOUND PRESSURE 100 - =
CENTER FREQUENCY LEVEL 7
(H2) (0B) o o /1 1/ ]
cII ADD A
15.8 e )
2 /
31.5 128 2 200
g /
83 134 o
2 /] S NOUTED ey
125 138 2 J 17 Tt room FROM PYROTECHNIC |
250 141 g o / DEVICE
500 138 - “ /"
1000 132 / /
2000 132 "
4000 132 / /
OVERALL 146 - /

100
00
400
00
800
1000
2000
5000
10,000

Figure 5-41, Typical Response Spectra Envelopes for Spacecraft
Pymtechnic Release Shock (5 Percent Damplng)
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6. SPACECRAFT SYSTEM DEFINITION

6.1 PROBE SYSTEM DEFINITION

The probe system design reduirements for the Thor/DeIta (T/D) and
Atlas/Centaur (A/C) configurations were e;\ste‘uxl:;lished by the science objec-
tives and requirements. The significant probe design requirements used
for this study are summarized in Section 5.1, The preferred Atlas/Centaur
and Thor/Delta probe system configurations are discussed in detail in sub-

‘sequent paragraphs.

6.1.1 Atlas/Centaur Praobes

The main objective in the A/C probe system configuration selection
was to attain minimum cost. The increased weight and volume were used
in the most advantageous manner to meet that.objective. Definitions of the

resulting designs and their performance follow.

6.1.1.1 Aerodynamic and Flight Dynamic Performance

The aerodynamic configurations of the preferred probes are shown
in Figure 6-1. These shapes have been established through stuaies based
on existing MMC data {Viking), data in the literature, and tests carried.
out under the MMC IRAD progr.am in parallel with the Iﬁresent study. Three
different shapes are identified because each configuration calls for a differ-
ent ballistic coefficient, must function through a different Mach nurmber
range, and hasl different mechanical requiremen'ts. The large probe entry
vehicle configuration functions from hypersonic entry to Mach number O 7
where the parachute is deployed and the nose cone separated. Subsequently,
the descent capsule is released and it must function under subsonic, terminal
flight conditions until it impacts the surface of Venus, The small probe must
function throughout the entire Mach number range from hypersonic to sub-
sonic. The aerodynamic coefficients and derivatives for the three configu-

rations are presented in Section 7. 1.

An extremely important aspect of the probe requirements is that they
must exhibit completely passive dynamic stability so as to provide stablle
platforms for the science instruments. Because the probes are spin stabi-
lized during the preentry coast period, care must be taken to avoid roll

resonance effects during the entry. Also, because the iJrobes transmi't'
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figure 6-1. Atlas/Centaur Descent Capsule, Large and Small Probes

data directly to earth with very limited power, excursions in antenna point-

ing angle must be minimal.

The preferred probes have been selected to meet all of the above re-
quirements. Aerodynamic characteristics have been estimated for the
probes and used in flight dynamics studies to verify that satisfactory per-
formance will result. Subsequent ﬂi;ghts of the small probe configuration
in the ARC Ballistic Range have verified its dynamic stability from M = 0.4
to 2.0 for angles of attack up to approximately 25 degrees. Also, dynamic-
ally scaled models of all three configurations have been flown in the NASA
LRC Spin Tunnel in order to document stability characteristics under sub-
sonic flight conditions. These tests involved perturbing the models and
photographing the ensuing behavior. In this way the steady-state behavior
and the degree of angular disturbance which the models could sustain with-
out tumbling were determined. These parameters for the preferred con-

figurations are shown in the tabulation.
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Steady-State

Angle Without

Angle For -

Model Behavior Tumbling (deg) | Tumbling (deg)
Large Probe Limit Cycles* Approx 50 Approx 60
<5°
Descent Capsule Trims to zero Approx 90 > 90
angle of attack
Small Probe Trims to zero 45 50

angle of attack

*#Similar behavior was observed for the small probe configuration with 10 -
inch diameter models but disappeared when the model diameter was in-
creased to 23 inches. Only 10-inch diameter models of the large probe
have been tested. '

Six degree of freedom digital computer studies of the behavior of the
large and small probes during entry have indicated that an initial angle of
attack of 10 degrees will converge to less than 0.5 degree Figure 6-2.
Lateral and angular g forces were shown to be less than 10 g's and 10 g/foot,

reépectively (Section 4).
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Figure 6-2. Large Probe Entry Trajectory Parameters



The effects of roll rate on the dynamic stability of the probes and the
sensitivity to other aerodynamic and mass characteristics are discussed in
Section 4 é,nd 7.1. The low roll rate of 10 rpm planned for the probes is
shbwn to be almost negligible, and variations in center of mass and princi-
pal inertia axes of 0.25 ¢m and 3 degrees, respectively, have minimal

effect.

The responses of the probes to a horizontal wind shear profile of
0.05 mps/m up to a velocity of 100 m/s (per the NASA SP8011 Model Atmos -
phere) were shown in Section 4. The small probe can reach a maximum
steady-state angle relative to vertical of 27 degrees and the large probe,
17 degrees. If the probe were in this condition and the wind shear suddenly
terminated, i.e., the wind velocity were to become constant, these angles
would represent the maxiﬁum perturbation from which the probes must be
able to recover passively. These are seen to be within the probe capability

indicated in the tabulaticn.

In the parachute descent phase, the ribless guide surface type para-
chute selected is very stable at zero angle of attack and has a very small
lift curve slope. These features imply that the probe/parachute system will
rapidly respond to wind currents with a minimum of lateral motion relative’
to the wind. The dynamic stability characteristics of the parachute/probe

system are discussed in Section 7.5.

6.1.1.2 Mechanical Design Concept

The A/C large and small probe mechanical system designs are shown
in exploded views in Figures 6-3 and 6-4. Key features of these designs

are summarized in this section.

Increased Safety Factors/Design Margins

Cost reductions were made in the A/C design by using weight to in-
crease safety factors/design margins

From To

Structural 1.00 1.25 pressure shell

pa—

.56 other structure
Heat Shield

[o—

1

.20 1.35 (large probe)

.15 1.37 {(small probe)
1

[—

Thermal .3 on insulation

—
]
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E5A 3560
RADOME
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DEPLOYMENT, MORTARED PILOT
PILOT/MAIMN CHUTE, NYLON CANOPY/RIBLESS GUIDE SURFACE
DIAMETER, 2.0 M (6,3 FT)PILOT, 6.6 M {217 FT} MAIN

AFTERBQOY: §5° HALF ANGLE CONE FRUSTUM/SPHERICAL CAP
FLAT ALUMINUM OUTER AFTERBODY WITH AN
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HOMNEYCOMB HEAT SHIELD

" ELECTRICAL POWER AND CONTROL;
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PRESSURE VESSEL, 0.41 M ID (24 1N) ALUMINUM SPHERE
STABILEZATION, PERFORATED RING

THERMAL INMSULATION, MIN-K L TRANSMITTER, TWO 20-WATT 5-BAND POWER AMPLIFIERS IN PARALLEL

LARGE PROBE PERFOIRMAMCE /REQUIREMENTS SLIMMARY

PRESSURE V?SEL 1.25/%.00
) SAFETY STRUCTURAY 1.56/1.25
FACTOR . HEAT SHIELD (THICK NESS} ' 1.35/1.20

THERMAL INSULATICN {THICKINESS) 1.3/1.0

WEIGHT 263.6 KG/ r03.2 KG
581.2 LB/ 448 4 LD

THE IMDICATED PERFORMANCE WEIGHT COMNTAINS A 15% SCIENCE PAYLOAD
CONTINGENCY

VOLUME

15% YOLUME CONTINGENCY 15 PROYIDED FOR ALL SCIENCE INSTRUMENTS
AMD THOSE ELECTROMIC /ELECTRICAL|ASSEMBLIES THAT ARE A NEW DESIGMN

FOREBODY: BLUNTED ALUMINUM FRONT CONE, 60° HALF ANGLE
WITH A QUARTZ MITRILE PHENOLIC HEAT SHIELD

ELECTRICAL POWER 560 W—HR/540 W-HR
MAXIMUM RATE V26 BPS/116 BFS
DATA STORAGE 5120 BITS/1000 BITS
C CHANNELS 293,73
COMMAND CHANMELS * 60/4% '
. : POWER AMPLIFIER 3 W/32.BW

COMMUNICATIONS

LINK MARG|N -+ 5,8DB/5.4D8

T - - R ' ‘ Figure 6-3. Large Probe Performance Requirements
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SMALL PROBE PERFORMANC /REQUIREMENTS SUMMARY

PRESSURE VESSEL 1.25/1.00
SAFETY FACTOR/ STRUCTURAL 1.56/1.25
DESIGN MARGIN HEAT SHIELD (THICKMESS) 1.21.15

THERMAL INSULATION (THICKNESS) 1.3/1.0
WEIGHT 70,0 KG/80,4 KG

154.4 LBAT7.6 LB

THE INCICATED PERFORMANCE WEIGHT CONTAIMS A 15% SCIENCE PAYLOAD
CONTINGENCY

YOLUME

15% VOLUME CONTINGENCY |5 PROVIDED FOR ALL SCIENCE INSTRUMENTS AND
THOSE ELECTROMIC,/ELECTRICAL ASSEMBLIES THAT ARE A NEW DESIGN

ELECTRICAL POWER 280 W-HR/276 W~HR
MAXIMUM RATE &4 BPS/56 BPS
DATA STORAGE 5120 BITS/ 250 BITS
CHANMELS 93/56

COMMAND CHANMELS  60/25

POWER AMPLIFIER 20 W/17.8 5
COMMUNICATIONS
LINK MARGIM 5.2 DB/4.7 DB

SCIENCE INSTRUMENTS: h
ELECTRICAL POWER AND CONTROL :

BATTERY POWER: ONE 28 VDG, 16 AH SILVER - ZINC BATTERY
DATA HANDLING:

DIGITAL TELEMETRY UNIT }
COMMUMNICATIONS:

TRAMSMITTER DRIVER
TRAMSMITTER: ONE 20 - WATT S - BAND POWER AMPLIFIER

FOREBODY: BLUNTED TITAMIUM CONE, 45° HALF « ANGLE WITH ]
A QUARTZ NITRILE PHERNCLIC HEAT SHIELD

AFTERBQDY: 30° HALF ANGLE ALUMINUM CQNE/SPHERICAL CAP
WITH A ESA 3560 HR FILLED HONEYCOMB HEAT SHIELD

TEFLON RADOME

ANTEMMNA; TURNSTILE/CONICAL CAVITY

PRESSURE VESSEL: ,42 M ID (16, 6 IN) ALUMINUM SPHERE
THERMAL INSULATION: MIN-K

figure 6-4. Small Probe PerformancefRequirements
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Increasing the structural safety factor eliminates the need for a
gtructural test model as the qualification unit can be used for structural
testing. The increased heat shield desigh margin allows the use of quarfz
nitrile phenolic as the forebody aeroshell heat shield material. This denser
more predictable material reduces the entry simulation testing. The in-
creased thermal design margin allows thicker insulation which eliminates
much of the requirement for large probe thermal vacuum and descent pro=

file ‘simulation testing.

Packaging Approach

The large probe pressure vessel volume provides adequate space to
use a modification of an existing designed Pioneer 10 and 11 digital tele-
metry unit, two paralleled hatteries, and two paralleled power amplifiers.
The small probe pressure vessel volume is sized to allow the common
usage of the same digital telemetry unit, one large probe battery, and one
large probe 20 -watt power amplifier. The electronics components are

mounted individually on an equipment shelf.

A concept using a central equipment support structure and pressure
shell ring containing all the pressure shell penetrations, with an upper and
lower pressure shell dome, enables maihtaining the science instrument
alignment requirements during manufacturing and assembly, and provides
the maximuin access for equipment installation, checkout, and maintan-
ability. This.concept, used in the large probe design along with a similar
concept in the small probe, enables the electronics chassis and separate
components to be as sembled and checked out béfore attaching the upper

and lower pressure shell domes.

Probe/Probe Bus Interface

The probe interface with the probe bus p.laces the large pfob,e so that
its spin axis is coincident with the bus spin axis. Requireme.nts are speci-
fiéd to minimize the bus c. g. offset and attendant spin balancle problemé.
In addition, a three-point attachment utilizing ball lock fasteners (Figure:
6-5) provides a symmetrical load path for the launch ioads and a reliable
méans of attaching and releasing the probe. The i:)roﬁe att.ach points are

faired in the aeroshell afterbody to minimize aerodynamic perturbations.
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Figure 6-5. Large Probe/Probe Bus Mechanical Interface

The three small probes are mounted symmetrically about the bus spin
axis. They are positioned and retained by four pairs of pads located at
points approximately 1.57 radians apart around the largest diameter, with
one pad from each pair bearing on the probe forebody and the other on the
probe afterbody (Figure 6-6). The support pads are designed to prevent
heat shield surface damage or deformation, that might significantly affect
entry performance, while the small probes are restrained by the bus. The
probe release system is designed to relax the preload in the support pads
prior to probe release to ensure no frictional forces between the probe and

bus support pads during separation. This is discussed in detail in Section 8. 8,
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" The probe bus thermal control system maintains the probe temperature
range of 255 to 339°K during the launch, cruise, and separation phases by
means of control techniques using insulation, thermal cdatings, thermal

covers, and solar and bus heat sources,

Sequent1a1 release of the small probes permlts flexibility in the
acqulsltlon of target sites to meet the science requ1rements while obtamlng
zero angle of attack for each probe. Sequent1a1 release also allows the
probes to have an identical low spin rate of 1. 05 rad/s (10 rpm). The probe
release system (Figure 6-7) was designed to meet the attitude and velocity
requirements necessary at probe relea.se. Thése requirements are given

in Sectwn 5.1.
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THERMAL COVER
RELEASE PINPULLER

REDUNDANT
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Figure 6-7. Small Probs/Probe Bus Retease Mechanism
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Entry and Descent Phase Design Factors

1) Entry Phase. The significant factors entering into the entry

vehicle shape selection were ballistic coefficient, heating sensitivity, aero-

dynamic stability, and c. g. location,

The probes are designed to be aerodynamically stable and damp out
yaw and pitch disturbances that are introduced by the initial angle of attack
at entry. A forward location of the probe c.g. is necessary to provide

adequate static stability.

Deceleration of the probes at high altitude requires a high drag, low
sallistic coefficient body. Existing design blunt body shapes did not meet
the probe requirements. Consequently, new designs were developed for
yoth the large and small probes. The large probe has a 1.75 meter diameter
.05 radian half angle forebody, and a 86.4 kg/rn2 hypersonic ballistic co-
afficient. The small probe has a 0. 81 -meter diameter, 0.78 radian half
angle forebody with a cone/spherical cap afterbody and a 141.4 kg/mz hyper -
sonic ballistic coefficient. These shapes were selected based on data from

screening tests in the Ames Research Center water drop facility and the

Langley Research Center spin tunnel facility.

Heat shield materials have been established through tests in various
Vermus simulation f'acilitles. The two forebody materials selected, carbon
elastomeric silicone ESA 5500 M3, and quartz nitrile phenolic, were based
on flight experience in the PRIME lifting body program and AICBM hardware
programs, respectively, The afterbody material is a lighter weight version
of the elastomeric silicone material which has flown on PRIME and PAET

vehicles.

2) Descent Phase. The major factors entering into the descent vehi-

cle design are ballistic coefficient, science sampling requirements, aero-
dynamic stability, decelerator staging altitude, and the Venus environment.
The large probe design uses a two-stage descent exposing the science instru-
ments at a nominal 70 km altitude and maintaining 2 descent profile consis-
tent with the science sampling requirements. The parachute ballistic co-
efficient is that value which is necessary to separate the descent capsule
from the aeroshell while minimizing probe weight. The parachute is de-

ployed within 30 seconds after a 50-g increasing sensor starts the descent
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timer. After parachute deployment the descent velocity is reduced and de-
creases until parachute release approximately 40 minutes later at 42, 9 km
altitude. The parachute system incorporates a swivel to allow the descent

capsule to spin. Large probe descent capsule aerodynamic stability is pro-

vided by a perforated ring that circles the maximum diameter.

The Venus surface environment requires an insulated pressure vessel
to protect the science and electronic payloads. The externally insulated
pressure shell acts as a heat sink; the combination maintains internal
temperatures below 339°K. Thermal isolators minimize the thermal con-
duction from the pressure shell inward. A series of descent simulation
tests have indicated that MIN-K TE 1400 is the most desirable insulation.
The pressure vessel design for both the large and small probes is a ma-
chined monocoque structure with science and electronic penetrations. The
pressure vessel domes incorporate a seal to maintain an internal pressure
of 103 kN/mZ, which eliminates low pressure corona problems. Dry

nitrogen will be used to pressurize the vessel to minimize corrosion.

The small probe design uses a single stage descent. The temperature
sensor is depldyed and the nephelometer and IR flux detector windows are
. exposed by nonexplosive pin pullers at about 70 km. The small probe has
no spin control requirement. The probe is released from the bus with a

1.04 rad/s (10/rpm) spin which will vary during entry and désc ent.

6.1.1.3 Mass Properties

During this study mass properties estimates for the various config-
urations have been developed based upon the results of the sulbsystem stud-
ies, structural analysis, and revised layouts. These current weight esti-
mates for the selected configuration show 263, 6 kg (581. 2 1lb) without '
contingency for the large probe and 210.0 kg (463, 2 1b) without contingency
for three small probes, leaving a margin of 70,67 kg (155. 8 1b) against
the current allocation. Current weight estimates are summarized in Table

6-1. Detail component weights are presented in the subsystem description.

Complete mass properties for the various probe mission phases were
calculated based upon the above evaluations and are summarized in Tables
6-2(a) and 6-2(b). All data is referenced to the coordinate systems shown

in Figures 6-8 and 6=9,

6-11



Table 6-1. Atlas/Centaur Probe Current
Mass (Weight) Estimate

LARGE MOBE SMALL PROBE |

WT (L) MASS (KG)| WY (L8} Mass kG |
AEROSHELL ' o ns.? 52.5 LR 8.8
HEAT SHIELD 85,3 38.7 29.8 13.5
PRESSURE VESSEL - 12,4 sta | 2.0 13.2
THERMAL CONTROL "5 22.5 7.8 13.5
DECELERATOR 9.7 4.4 - -
POWER 7n.7 9.8 15.2 6.9
CABLING 15.0 6.8 6.0 2.7
DATA HANDLING B.4 38 8.4 3.8
RF - COMMUNICATION n.3 5.1 4.5 2.0
ORDNANCE 12.0 5.4 - 1.0 0.5
AUXILIARY STRUCTURE 40,0 18.1 - -
SCIENCE 80.0 36,3 8.4 3,0
BALANCE WEIGHTS 20.0 2.1 46 2.1
UNIT PROSE WEIGHT 581.2 263.6 154.4 70.0
THREE SMALL PROBES 3.2 210.0

WT (LB)  [MaAss (KG)

TOTAL PROBES 10444 473.6

Table 6-2 (a). Atlas Centaur Probe Descent Mass Properties
(S.I. Units) ' :

T
CENTER OF GRAVITY MOMENT OF THERTIA PRODUCT OF INERTIA

MASS ™M) KG-mD) A (KG-MD) RATIO

KG) x Y z Ix Iy Iz Puy Pxz  Pyz |IxAy I1x/1x
LARGE PROBE
LAUNCH THROUGH ENTRY:
LAUNCH, CRUISE 2636 | 0.254 0 0 |44 w3 moem o o o Lz na
AND SEPARATION
POST ENTRY 540 | 1.2 0 o |40 0w n.s% g 0 0 [ 1.2
DESCENT:
PARACHUTE 2.3 | 0,254 0.2 O | 40304 H.670  H.077 | 0.4l ¢ ¢ [ 130
DEPLGYMENT
AEROSHELL FOREBODY Wl 406 0254 © | 17843 Vam o 7% | oams o o L 1.
SEPARATION
AERQSHELL AFTERBOOY 151.0 | 152 -0508 0 | %510 948 7R | 028 0 0 (Lol 0.97
SEPARATION
SMALL PROBE
LAUNCH, CRUISE 70.0 | 0.508 0 e | ame 27 27 0 ¢ o [1ae L
AND SEPARATION
POST ENTRY AND 87.0 | 0.254 0 o ] ez s 2579 0 o 0 [1as 1.
DESCENT

NOTES: (A} INSUFFICIENT DETAIL INFORMATION T DEVELOP PRODUCTS.

(B) PARACHUTE DEPLOYED CONDITION PROPERTIES ARE FOR THE RIGID BODY PORTION OF THE $Y3TEM
A$ IF THE PARACHUTE WERE NOT CONNECTED .,
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Table 6-2 (b). Atlas/Centaur Probe Descent Mass Properties
(Engineering Units)

CENTER OF GRAVITY MOMENT OF INERTIA PRODUCT OF INERTI
PROBE MISSION WEIGHT {IN) (LB-‘INz) A) lLB-lNE) RATIC
PHASES (LB x Y z [ ly Iz Pxy Pxz Pyz | Iy Ixlz
LARGE PROBE
LAUNCH THROUGH ENTRY:
LALGNCH, CRUISE 581.2 a1 ¢ 0 | 149 507 12 933 114 477 ¢ .0 4] 1.32 1.21
AND SEPARATION : : .
ﬁ‘OST:ENTRY 50,3 | -0.6 a 0 1136169 104 852 046 396 [} 4] ¢ 1.30 1,28
DESCEMT:
PARACHUTE (8} 556,3 a.1 -0.05 -0 1135978 103 475 . 104 84% 477 0 Q 1,3 1.30
DEPLOYMENT . . . ]
AERQSHELL FOREBODY #H2,5 | 1.6 0 <00 0 | 401 198 57 845 92382 | 423 0 o jl.o4 1.02
SEPARATION
AEROSHELL AFTERBODY 333.0 Q.6 0.2 -0 32 086 N 774 37 968 973 ‘ 0 0 1.00 0.97
SEPARATION . : '
SMALL PROBE
LAUMCH, CRUISE 154 .4 0.2 D 0 1222 ¢ 408 9 408 Q 0 [ 1.19 1.19
AND SEPARATION .
POST ENTRY AND 147.7 9.1 o 0 10 298 8 7m 8 2 0 Q [ 1.18 .18
DESCENT ) .
NOTES: (A} INSUFFICIENT DETAIL INFORMATION TO DEVELOP PRODUCTS. ,
(®) PARACHUTE DEPLOYED CONDITION PROPERTIES ARE FOR THE RIGID BODY POI‘{TION OF THE SYSTEM
A5 IF THE PARACHUTE WERE NOT COMMNECTED

COORDINATE ORIGIN

ce

BUS/PROBE AND GROUND SERVI
UMBILICAL _I.OCATIONS' )

30—

=¥

2.4I75-°'I

-zl ; . o
Figure 6-8. Allas/Centaur Large Probe Reference Coordinates
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Figure 6-9. Atlas/Centaur Small Probe Reference Coordinates

Preliminary weight, center of gravity, and product of inertia limits
1d tolerances have been established. These values are defined and sum-

arized for the large and small probes in Table 6-3,

Table 6-3. Atlas/Centaur Mass Properties Limits and Tolerances
for Probes

PROPERTY LARGE PROBE SMALL PROBE REMARKS

MASS (WEIGHT) TOLERANCE + 0.91 KG (+ 2.0 LBM} + Q.45 KG {+ 1.0 Lem) THE WEIGHT DAFFERENTIAL BEYWEEN THE
. . - - - THREE SMALL PROBES SHALL NOT EXCEED

0.7 KG (2.0 LBm) .

LONGITUDINAL CENTER OF a.5% 4% PERCENT OF MAJOR DIAMETER
GRAVITY ROMINAL LOCATION
{FORWARD OF MAJOR DIAMETER
CENTERLINE})

DISTANCE, FORWARD MA IOR 6. 15CM [ 2.421M.) 2.03CM (0.81M.) REQUIRED TO SATISFY AERODYNAMIC
DIAME TER CENTERLINE STABILITY
LONGITUDINAL CEMTER OF +0.51 CM (+ 0.2 IN.) +0.254 CW (0.1 INL) REQUIRED TOQ SATISFY ACCELEROMETER
GRAVITY TOLERANCE - - - - DATA EVALUATICN
RADIAL CEMTER OF GRAVITY ¢ D.0d4 CM (+D.025 IN.} + 0.064 CM [+ 0,025 IN,) REQUIRED TO SATISFY AERODYMAMIC
TOLERANCE TO PROBE - - . = : - STABILITY
GEOMETRIC CEMNTERLINE
PRODUCT OF IMERTIA + 10,0038 KG-P«'\2 {+13 LBM-IN.Q) + 0.00029 KG-M‘!2 1.0 LBM—IN.Z] REGQUIRED TO SATISFY SCIENCE EVALU-
TOLERANCE - - - . - ATION .
REFERENCE DATUM LOCATION | + 0.0127 CM {+ 0,005 IM.} . +0.0127 CM [+ 0.005 IN.) REQUIRED TO PROVIDE A THREE-AXIS

- - - - . REFERENCE FOR MEASURING THE MASS

’ CHARACTERISTICS

PROBE GEOMETRIC CENTERLINE | + 0.127 CM (2 D.050 IN,) A 0,027 Ch [+ 005G IM,) THE GEOME TRIC CENTERLINE OF THE
TCLERANCE - - . PROBES WILL BE LOCATED WITH RESPECT

TC THE PROBE/BUS ATTACHMENT POINTS
| BY USING MANUFACTURING TOOLING ,
THE SAME TOOLING WILL BE USED TO
MACHIMNE THE FORERODY HEAT SHIELD
T0Q ACHIEVE A GEOMETRIC SHAPE
SYMMETRICAL ABOUT THE DESIRED
CEMNTERLINE .
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The study has determined that ballasting will be required to obtain
the mass characteristics to satisfy the probe mission. Nominal ballast
weights of 2.59 kg (5.7 1b) for the large probe and 0. 27 kg (0. 6 1b) for

each of the small probes has been assumed for this study.

6.1.1.4 Electrical Design Concept

The electrical schematic diagrams shown in Figure 6-10 (large probe)
and Figure 6-11 {small probe) dépict the functional relationships between
probe engineering subsystems, science experiments, and the probe bus.
The major electrical subsystems are the electrical power and control,
data handling, and communications subsystems, cutlined in heavy dashed

lines.

Electrical Power

The primary +28 volt, unregulated power to opelrate the probes is
supplied by a secondary (rechargeable) silver-zinc battery, selected because
it produces the highest energy density from available space-qualified

hatteries.

‘The proposed large probe battery source consists of two batteries
in parallel, each consisting of twenty series-connected sixteen ampere-
hour cells. The twenty-cell configuration provides a voltage at 28 volts
#10 percent (compatible with the load requirements) for the mission life
without additional regulation. Fault protection for the battery is provided
by fuses in the supply lines. The final charge will be provided before
launch and maintained thereafter in an open-circuit charged condition dur- '~
ing the cruise phase. The recommended small probe battery configuration -

is identical to tHe large probe except only one battery is used.

‘Probe power is distributed by a power control unit and associated
cabling. Isolation circuits provide compatibility with the bus power sub- '
syétem and permit operating the probes with exterhal*poWer. for ground
test and checkout, Cable cutters are used in lieu of an electrically initiated
separation connector for probe bus umbilical separation. All related cir -
cuits are electrically inert before activating the cutter or are isolated to
prevent damage if a short occurs. A spring-loaded connector disengages

electrical connections when the large probe aeroshell afterbody is jettisoned.
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Power switching functions for power transfer, ordnance, communica-
ms, and experiments are provided by both general purpose and magnetic
tching relays derived from the Viking and Pioneer programs. The relays
sre selected over solid-state switches on the basis of excessive leakage
rrent for solid-state switches and lower weight and cost. Satisfactory
eration during sustained periods of high deceleration (typical of entry)

s been demonstrated by test.

Data Handling and Command

Senging and initiation of events are provided by a coast timer, a de -
ent timer, and redundant g switches., The coast {imer approach employs
low-power crystal controlled oscillator design operating off the main
‘obe battery. As a backup to the coast timer,; the descent events can be
itiated by the g switches which activate above 50 g's., Timing during
try and descent is under control of the descent timer that provides
mmands for all discrete events. The g switc'hes‘ are heavily damped
avoid accidental triggering of the descent sequence by the short duration

‘rotechnic shocks.

The command decoder receives commands from either the bus or
e descent timer and issues discrete signals for subsystem control. The

ymmandsg are listed in Appendix 6A,

The Data Handling and Command system controls data modes and
rmats and delivers data to the bus telemetry interface or the probe com-
unications subsystem for direct transmission to earth. The telemetry

iannels are listed in Appendix 6B.

The preferred design for the Atlas/Centaur configuration uses a mod-
ied Pioneer 10 and 11 design and has fixed descent formats, a solid-state
tatic memory, and convolutional coding with PCM/PSK modulation. A

uommary of the basic characteristics is given in Table 6-4,
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Figure 4-11, Small Probe Functional Block Diagram, Atlas/Centaur
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Table 6-4, Data Handling Characteristics, Atlas/Centaur

Large Probe ' Small Probe
Bit Rates (bps) ‘ 128 64
Number of Formats _ 4 “ ' 4
Number of Data Channels - ' 246 ' _ 246
Data Coding Convolutional, : Convolutioﬁal,-
" Rate 1/2 (con- - Rate"1/2 (con-|
straint length - - straint Iength
o 32) . 32) o
Subcarrier Frequency . ‘ ‘ 32, 768 S 32, 768
{kHz) \ '
Memory Size (bits) ' : .5120 ' B ’ : - 5120 . ]
Weight (kg) 3.8 1. 3.8 o
Power (watts) . ‘ ’ 5.0 R W

The memory packaged in the power control unit uses statlc nonde - -
structive -readout C- MOS cells, identical to those used in the orbiter DSU
The cells are hybrid packages containing 10 chips,- providing a capacity . .
of 2560 bits per cell. The memory buffers the science data during blat-'t::_ktijui':'.‘ a

Data formatting is accomplished with a fixed pfogra'm imple’fnénteri
with programmable read-only mei’nor_ies (PROM's). PROM's are character-
ized by zero 'cfuise power, low operating power, nonvola.tlhty, and low
weight. Moreover, this app‘roach permits format changes by replacement
of PROM's w1thout rewiring before launch (no patch board address changes
are required). Clock and sync pulses are available to all science instru-
ments at the bit rate, word rate, and frame rate, and at selected multlplesl

of 8.

All analog—'_co -digital (A/D) conversion is per'fofrme_d_ in the Data 'i—Ia,ncl—
ling subsystem except from sources that are 'asynchrpnous to the basic
clock or those that are spread over more than one frame. Mu1t1pIex1ng

. operations are also performed in the Data Handhng subsystem.
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Since all events are hardwired into the timer and sequencer, time,
format, bit rate, subcommutator, identification, and memory readout are

uniquely related to the frame count. No other time coding is required.

Bit rates are available in binary steps from 8 to 1024 bps, We
recommend using 128 bps for all transmissions from the large probe and

64 bps for the small probes, which is compatible with the existing capability.

Communications

The recommended Communications subsystem configuratiens for the
large and small probes utilize PCM/PSK/PM modulation because major

cost savings accrue from compatibility with the existing DSN interface.

A 20-watt power amplifier module will be used for both the large
and small probes with 2 units hybrid-coupled to provide the required
output power (36 watts) for the large probe. Twenty watts exceeds the
small probe minimum link requirements but is cost-effective since using

common eguipment avoids the procurement of a second design.

The antenna design is adapted from an existing Viking design. The

turnstile -over-conical cavity approach offers the following features:
® Best coverage for preentry and postentry requirements
® Excellent power handling cépability (75 watts)
& Good mechanical compatibility; short vertical dimension
¢ Low weight (0,23 kg)
e Suitable for both large and small probes

¢ Capable of withstanding the predicted temperatures without

degradation.

For the large probe the diplexer is derived from the Pioneer 10 and 11
yrogram, The transmitter is capable of supporting 128 bps to the Venusian
surface. For the two-way link the transponder {receiver unit) includes an
iutomatic frequency search and dcquisition capability to rapidly acquireé

‘he uplink frequency following entry blackout.

A 20 -watt transmitter for each of the small probes supports a 64 bps
elemetry link, Provision for downlink excitation from a very stable exter-
1al oscillator affords one -way Doppler tracking and DL BI experiment

neasurements,
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Probe Electrical Equipment Definition

Table 6 -5 summarizes the status of the electrical equipment for the

large and small probes.
Table 6-5. Atlas/Centaur Probe Equipment

‘Definition
COMPOMENT [ MANUFAC TURER PROGRAM DESIGM
ANTENNA ’ x X MMC . VIKING 1 MQDIFIED
TRANSPONDER A 3 FHILCO-FORD VIKING MODIFIED
DIPLEXER X VIANECOM PIONETR 10,11 EXISTING
HYBRIDS {90°COUPLER) X ANAREN CLASSIFIED " EXISTING
) - MODEL 105183 SPACE PROGRAMS | -
| PoviER AMPLIFIER : X X MSC NEW ] EXISTING PROTOTYPE
TRANSMITTER GRIVER X PHILCQ-FORD VIKING DRIVER PORTION
. : . - OF TRANSPONGER
DIGITAL TELEMETRY LINIT XX TRV PIONEER 10711 ' | MODIFIED ' '
0 . h !
BATTERIES . X X MMC ' NEV: © | SAME BATIERY, LARGE
} PROBE AMND SMALL PROBE
POYZER CONTROL UNIT X X MMC NEW | SAME BATIERY, LARGE
. " ] 'PROBE AMD SMALL PROBE

6.1.1.5 Preferred Probe System Operation

Thé way the probes function, starting £rorn the1r separatlon from
the bus at the end of the cruise phase to impact, is described below. The
hardware associated with each event or operatwn is. also 1dent1f1ed A
summary fllght profile is given in Figure 6-12 to help correlate 51m11ar
functions on each of the four probes. A detailed mission sequence of

operations is contained in Appendix 6C.

Separation

After the final prelaunch checkout, probe power is off throughout the
launch and most of the interplanetary cruise phase. . During: cruise, inter -
mittent probe‘ health checks can be made by an iﬁterrogatron-vw the probe’’
bus command and telemetry links and using f)robe bos :electrica:l poﬁvér;
Before release, each probe will receive 2 pr:esebarartion st‘atus““'.chec‘k' 1':on
obtain a performance baseline. This will use both bus and probe power to
exercise as much of the probe engineering subsystems and science instru-
ments as possible. Time is allowed to perform two:chgu_ckout cycles with

data returned to the ground stations for analysis between these two Cyoles.

=21



22-9

i GOLDSTONE COVERAGE———+fa——— COLDSTONE AND CANBERRA COVERAGE ——]

tr T OAYS £, - 300 MIN g, -
5P2 ML 2
) BATTERY HIR ON MTI’ERY HTR ON l' T M o
i--—-—-- Y P — I..-_vo mN__..}..so MIN oo, 2 o
10 MIN <
"ms\' TIMER DESCENT TIMER
~ 1A DA - 280 MIN
[tz I evease 27 GATTEAY 1R ONq £ - 160 MINT [ E; - 150 MIN | €, - 10 MIN
= SCIENCE ON
f————12 Houns meJ 90 MIN——aa— 50 MIN =y
E, - 25 DAYS = TV COAST TIMER DESCENT TIMER =10 Miry
1 - - : E, - 45 MIN
LP RELEASE ) E, - 165 MIN ,
. ) INREF HTRON=) 1 " BATTERY HTR ON E, - 33 MiNy €, - 20 N
‘ fa———2 Hours ———eJ pl p ENCE ON
‘ COAST TIMER T — Y0 MIN
E, - 21 DAYS £, = 200 MIN e — 10 M
ToseneLeas ! BATTERY HiR ON E, - 160 MIN — | Z3MIN | T-DESCENT TIMER
o 16 MIN
2 HOURS - /JL»-.w AN = 50 MIN] [mmr P E SR
, 10 MIN 4 : o & § ENTRY 5P2 & 5P3
—sCOASY TIMER : DESCENT TIMER £y}
200}
T 1%
3
2
2 [smarrauackout en )
=
20 p START BLACKOUT (~14 TO 31 5)
E";}'?IDECE'-EMT'ON 50 G DECELERATION {~14 TO M4 5)
DEPLOY PARACHUTE (LP) (w44 S) END BLACKOUT EMND BLACKOUT (~21 TO 41 5)
31 5)
. RELEASE
PARACHUTE 7
{36 MIN) P28 50
45 {MPACT
3 {155 MIN
1 . ]
0 W0 125 150 175
581 IMPACT ”ME MiN)
LP IMPACT
£, fo—— 90 MINUTES —=infe_

Figure 6-12. Probe Mission Profile




‘Just.before separation, the 25-day coast timers are initiated by bus
command via the umbilical connection to the probes. This timer is the only -
item in operation during most of the probe coast to the planet and is powered

by the main probe battery.

-The probes are released sequentially at four-day intervals beginning
with the large probe. All probes are spin stabilized at a'nominal spin rate
of 10 rpm (1.05.rad/s). There is a retargeting bus maneuver between each
release. The primary variables of interest during the ﬁlanetary approach

phése are listed in Table 6-6.

Table 6+6. 'Probe Mission Planetary Approach Summary

Large Small

, _ , Probe ' Probe- 1, 2, 3
|Begin Planetary Approach (E<25 days) . . (E-21, E-17,

‘ . - E-13'days)

. In‘ij:ial‘ Radius to Center of Planet ( 106‘. km) 10.7 9,0 to' 5.6
|Earth’'Aspect Angle (deg) - (at separation} . 138 139, 125, 145
' (at entry) 145 145, 135, 152

‘ S(’)la.r‘ASpect":Angle (deg) - (at separation) 40 ' 15, -28, 36

{at entry) 2 ‘45, -43, 55

" [Venus Aspect Angle (deg) - (at separation) 23 .26, 14, 20
: ‘{at entry) C 44 - "61, 34,49

‘"Two days before entry, the IR flux radiometer reference heater in =~
‘the large probe is powered-on by the coast timer as the only event plannéd

during 'this:-phase.of ‘the free flight.

. DSN Acquisition

“Several hours before entry, ‘the probe batteries:are.brought.up to
" normal operating temperature inpreparation for.a 10-minute DSN.preentry
‘transmiésion checkout:operation. 'The.probe preentry transmissions will
“be covered by Goldstone. { Goldstone and Canberrarwill 'then receive all

probe transmissions from entry until impact.

- “At'the timethe:-probe transmitters are turned on.by each.of the coast
“timetrs,iithe'probe main poweriswitches. are turned.on, and ‘the descent timers

" take control. 'From that point on,:the coast timers:are.no:longer active. -
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Entry

Just prior to entry, if required, each of the small i:arobe batteries
will automatically be brought up to normal operating temperatures by
thermostatically controlled electrical heaters. The large probe batteries
are predicted to stay within normal operating temperature since the pre-
entry transmission checkout is close enough to entry. All probe batteries

are sized to furnish this energy for self -heating.

The large probe and small probe 1 enter together, nominally at
17:46:00 GMT on December 17, 1978, Ninety minutes later small probes
2 and 3 entry occurs. Entry is defined to occur at 250 km altitude. At
10 minutes before the predicted tirrie of entry, the science instruments are
turned on by the descent timer for a warmup and a preentry calibration
check. High Doppler rates are predicted for about 40 minutes before and

for about 2 minutes after entry.
Descent

Accelerometer data are acquired starting at the time the science
instruments are turned on. Ten-second blocks of accelerometer data are
continuously read into memory and recycled out by each succeeding block.
At 50 g's, the redundant g switches will activate to reset the descent timer
and to command retention of the last 10 seconds of accelerometer data in
the memory. The information stored will include data starting before a
g level of 4 x 10_4. At a fixed time after 50 g's, the descent sequence is
initiated by the descent timer. TFor the large probe, the first eventis
parachute deployment followed by jettisoning of the aeroshell forebody to
expose the science instruments., Science data transmission begins at the
release of the aeroshell forebody. In the case of the small probes, the
first event in the descent sequence is exposure and deployment of several

of the science instruments.

Science data acquisition and transmission continues until probe impact
and beyond if the probes survive. The large probe parachute is released
at approximately 43 -km altitude; at this time the wind/altitude radar is
turned on and the hygrometer is turned off, The only data transmitted after
impact is from the accelerometers, used for seismic measurements. All

other science and the heaters are turned off at the predicted time of impact.
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6.1.2 Thor/Delta Probes

The weight limitation was the main consideration in the Thor/Delta
probe system configuration selection. This weight constraint had a major
impact on the mechanical and electrical system designs to satisfy the sys-
tem requirements. The following paragraphs discuss the mechanical and
electrical system design concepts with supporting mass properties analyses.
The configuration described represents the preferred Thor/Delta concept
at the time of the Midterm Reviews and features of the preferred Atlas/
Centaur system described in 6. 1.1 would be used for any future Thor/Delta

effort.

6.1.2.1 Aerodynamic and Flight Dynamic Performance

The aerodynamic configurations of the preferred Thor/Delta probes
{Figures 6-13 and 6-14) were developed to meet the drag and stability re-
quirements of the entry and descent phasis of the mission. As described
in Section 6.1.1.1 for the Atlas/Centaur probes, the design aerodynamic
characteristics were evolved from both existiﬁg data and similar shapes
(primarily Viking data for the entry configurations) and wind tunnel test
results. The aerodynamic coefficients and stability derivatives are pre-

sented in Section 7. 1.

The stability perforrﬁance of the Thor /Delta probes is expected to be
about the same as that of the Atlas/Centaur probes (see Section 6.1,1.1),
not withstanding the differences in mass and inertia properties and some -
what different geometries. The different afterbody shape for the large
probe entry configurations is expected to have little effect on convengence
of entry angle of attack oscillations down through transonic speeds. In the
case of the descent capsule, a vented flare was selected as the stabilizing
device. This flared configuration was found in wind tunnel tests to be
aerodynamically stable, but did exhibit some erratic, low-amplitude limit
cycle oscillations., This behavior could degrade the large probe's scien-
tific performance. For this reason, a simple perforated ring was selected

for the Atlas/Centaur descent capsule.

The Thor/Delta small probes are nearly geometrically identical to
their Atlas/Centaur counterparts; thus they are expected to behave satis -
factorily in dynamic stability and response to wind shears as was the case

for the Atlas/Centaur small probe.
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Figure 6-13, Thor!/Delta Large Probe After Aeroshell Release

Figure 6-14, Thor/Delta Smali Probe



6.1.2.2 Mechanical Design Concept

The Thor/Delta large and small probe system designs are shown in
Figures 6-13 and 6-14. The weight constraints imposed on the probe design
for the Thor/Delta configuration resulted in an extensive sfudy to devise
methods of packaging the large and small probes. The packaging technigue
is important as it affects several areas of probe design, manufacture,
checkout, and maintainability. The packaging studies indicated that a con--
cept using an integral equipment shelf and pressure shell ring, containing
all the pressure shell penetrations, with an upper and lower pressure shell
dome would enable manufacturing to maintain the science instrument align-
ment requirements and provide maximum access for equipment installation,
checkout, and maintainability. This concept is used in the large probe
design and a similar concept in the small probe design. Because of the
pressure vessel éize limitation in the small probe, a concept utilizing an
integrated electronic chassis with additional mounting surfaces for separate
electronic components and science instruments was adopted (Figure 6-15).
With this concept it is possible to assemble and check out the electronic
chassis and separate components prior to attaching the upper and lower

pressure shell domes.

DATA HANDLING AMD COMMAND

POWER COMTROL UMIT

TEMPERATURE
ELECTROMICS

PRESSURE

ELECTROMICS DC/'DC CONVERTER

MAGMNETOMETER
ELECTROMICS

e ACCELERGMETER
LOCATION

figure 6-15. Thor/Delta Smatl Probe Integrated Electronics
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The probe interfaces with the probe bus are essentially the same as
that for the Atlas/Centaur described in Section 6. 1. 1.2 in the method of
attachment and release and in the thermal control techniques applied to
maintain temperature within proper limits, The same factors enter into
entry vehicle shape selection, i.e., ballistic coefficient, heating sensitivity,
aerodynamic stability, and c.g. location are the significant elements in the
choice. The major factors involved in the descent vehicle design are ballis-
tic coefficient, science sampling requirements, aerodynamic stability, de-

celerator staging altitude, and the Venus atmosphere.

6.1.2.3 Mass Properties

Our Phase B proposal weight estimate for the large probe was 144.5
kg (318, 6 1b) and the estimate for the three small probes was 70.6 kg
(155. 7 Ib). Because of the magnitude of uncertainty in the probe design,

a major portion of the 28 kg {61.7 1b) total spacecraft contingency, or
21.5 kg (47.4 1b), was allocated to the probes, giving a total probe weight
allocation of 236, 6 kg (521.7 1b) (see also Section 6. 2, 4).

During the Phase B study, complete new mass properties estimates
for the preferred Thor/Delta configurations have been developed based
upon the results of the various subsystem studies, structural analysis, and
revised layouts. These current weight estimates show 143, 8 kg (317. 3 1b)
for the large probe and 76.5 kg (168. 3 1b) for three small probes, leaving
a margin of 15.4 kg (36,1 1b) against the original allocations. Current
weight estimates are summarized in Table 6-7. Detail component weights

are presented in the subsystem descriptions of this report (Section 7).

Complete mass properties for the various probe mission phases were
:alculated based upon these current estimates and are summarized in
Cable 6-8. All data is referenced to the coordinate systems shown in
Mgures 6-16 and 6-17.

Preliminary weight, center of gravity, and product of inertia limits
.nd tolerances have heen established. These values are defined and sum-

narized for the large and small probes in Table 6-9.
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Table 6-7. Thor/Delta Probe Current
Mass (Weight) Estimate

LARGE PROAE SMALL PROBE
W (L8} MASS (KG) | WT (LB MASS (KG)
AEROSHELL 0.4 .5 6.2 2.8
HEAT SHIELD 34.5 156 ° 5.8 1.6
PRESSURE VESSEL 57.5 26, n.? 5.3
THERMAL CONTROL 24,5 1. 8.0 3.8
DECELERATOR 7.1 1.2 -- -
POWER 12.2 5.5 5.7 2.6
CABLING 15.3 A% 2.1 1.0
DATA HANDLING 5.0 2.3 47 2.
RF - COMMUNICATION 4.4 2.0 3.0 1.4
ORDNANCE 2.8 1.3 - -
AUXILIARY STRUCTLRE 20.6 0.3 1.0 0.5
SCIENCE 53,0 4.0 49 2,2
BALANCE WEIGHTS 1.0 5.0 3.0 1.4
UNIT PROBE WEIGHT . M7 143.8 6.1 25.5
THREE SMALL PROBES 168.3 75,5
] WT (LB) MASS (KG}
TOTAL PROBES 584,3 2203

The probe critical mass properties limits and tolerances are those
required to satisfy aerodynamic stability. These requirements have been
satisfied by establishing a method for building the probes that will provide
a geometric longitudinal axis perpendicular and concentric to the separation
plane within 10.25 mm (40.010 in.). The final machining operation on the
forward heat shield will be accomplished from the same separation plane
attachments. Therefore a maximum of +0. 25 mm {+0.010 in.) machining
tolerances is expected from set up.'aﬁd‘ cutting tolerances. Verification
of the completed probe geometric center line will be accomplished by a
transit or equivalent system within a +0. 25 mm (+0. 010 in.) tolerance..
.The combination of these tolerances is expected to remain well within the
1+0.050 geometric center line tolerarnce and at the same time satisfy the
13 1b-in. 2 product of inertia requ1rement for the large probe and 1.0 1b-

2 for the small probes.

The study has determined that ballasting will be required for trim-
ming the mass characteristics so as to satisfy the probe mission mass
balance requirements. Nominal ballast weights of 1,56 kg (3.5 1b) for the
large probe and 0.22 kg (0.5 1b) for each of the small probe has been
assumed for this study.
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Table 6-8 (a). Thor/Delta Probe Descent Mass Properties (5.1. Units)

CENTER OF GRAVITY MOMENT OF IMERTIA PRODUCT OF IMERTIA

MASS (CM) (KG-m?) K G-M) RATIO

KG) X ¥ z Ix by hr Py Pz Pyz Ixfly  x/lz
LARGE FROBE
LAUNCH THRU ENTRY:
LAUNCH, CRUISE 1437 0 0 0 [15.495  17.635 12,552 | -0.0008  D.004  0.15% | 1.24 1.25
AND SEPARATION
POST ENTRY 140.9 ) ) 0 |18z 12.42 12,059 | -0.0008 0004 0.5 1,22 1,2
DESCENT: ‘
PARACHUTE (o) 130.2 | 0.508 ) 0 (1488 0832 N7 [ 0,05 o005 oas | 1es 128
DEPLOYMENT
AEROSHELL FOREADDY 98,3 | 127 0284 0 | 5382 sy 6.000 | 0.040 0.2 o207 | 0.86 0.8
SEPARATION
AEROSHELL AFTERBODY 88.5 | 2,29 s 0 | 45m  asu 4253 | D.0003 ) 0.207 | 1.1 1@
SEPARATION
SMALL PROBE
LAUNCH, CRUISE AND 5.4 0 ) o | 040 037 0.30) ) 0.0008 -0.004 | 1.t5 3.7
SEPARATION
POST ENTRY AND 24,7 o 0 o |03 0.me 0.3 0 00008 -0.004 | 1,14 1.18
DESCENT
NOTE: {1) PARACHUTE DEPLCYED CONDITION PROPERTIES ARE FOR THE RIGID 80OY PORTIOM OF THE SYSTEM

AS IF THE PARACHUTE WERE NOT CONNECTED ,

Table 6-8 (b). Thor/Delta Probe Descent Mass Properties
(Engineering Units)

CENTER OF GRAVITY MOMENT OF INERTIA PROBUCT OF INERTIA
PROBE MISSION WEIG HT N} weind (Le-1ND RATIO
PHASES s X ¥ z | Iy le Pay Pz Pyz {lafly  Ixflz
LARGE PROBE
LAUNCH THRU ENTRY:
LAUNCH, CRUISE 317.2 ¢ 0 D |s3s7m  anim 428%4 3 o 5M L 1.2
AND SEPARATION
POST EMTRY 30,5 0 o o [s0n8  arav 41203 a Wosu iz
DESCENT:
PARACHUTE w68 | 0.2 0 0 [s0es  apa3z w0 187 4% 529 vas o 12
DEPLOYMENT
AERCSHELL FOREBODY 267 {-0.5 0.1 o |18 242z 778 134 42 2 |08 0.8
SEPARATION
AERQSHELL AFTERBODY 195.0 | 0.9 o o [isex 545 MM ! o w7 v .08
SEPARATION
SMALL PROBE
LAUNCH, CRUISE AND .0 | o a 0| 136 ) 187 1187 0 3 -1 fias g7
SEPARATION
POST ENTRY AND DESCENT 544 | 0 0 0| 1™ 1130 1109 0 KIS PR DI PR D
. °
NOTE: {A) PARACHUTE DEPLOYED CONDHTION PROPERTIES ARE FOR THE RIGID BODY PORTION OF THE SYSTEM
AS IF THE PARACHUTE WERE NOT CONNECTED

A series of static weight and center of gravity tests is planned to
as8ist in minimizing the need for ballast. These test data will also be
used to update the analytical model being generated for design evaluation
and spin balance testing. The spin balance tests will also use the separation

plane attachments, therefore providing a consistent base for defining the
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Figure 6-16. ThoriDelta Large Probe Reference Coordinates
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COORDINATE
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UMBILICAL CUTTER
{BUS MOUNTED) .z
Figure 6-17, Thor/Delta Small Probe Reference Coordinates
Table 6-9. Thor /Delta Mass Properties Limits and
Tolerances for Probes B
PROPERTY LARGE PROBE SMALL PROBE REMARKS

MASS (WEIGHT) TOLERANCE

LONGITUDINAL CENTER OF
GRAYITY NOMINAL LOCATICN
(FORWARD OF MAJOR DIAMETER
CENTERLINE)

DISTAMNCE, FORWARD MA JOR
DIAMETER CENTERLINE
LONGITUDINAL CENTER OF
GRAVITY TOLERAMCE

RADIAL CENTER OF GRAVITY .
TOLERANCE GEOMETRIES

PRODUCT OF INERTIA TOLERANCE.

REFEREMCE DATUM LOCATION

PROBE GEWEYRIC CﬁNTEILIM
TOLERAMNCE

+0.91 KG (¢ 2.01 LAM)
2.5% (2.5%)
338 CM (1,35 IN)

+0.51 O (_+_'0.2 N}

10.064 CM (+ 0.0251IN.)

+0.0038 KG-MZ (+ 13 LaM-IN.%) |

$0.0127 GV (£ 0.005 IN.)

+0.127.CM {0,080 IN.}

+0.45KG (+ 1.0 LW
31.5% (3.5%)
1.65 CM 0,85 IN.)

THO0.2M CM B OLTIN.)

+0.084 CM {0,025 1M.)

o] reamem0.0m0N)

| £0.0127 CM i3 0.005 IN)

THE WEIGHT DIFFERENTIAL BETWEEM
THE THREE SMALL PROBES SHALL NOT
EXCEED 0.9 KG (2.0 LBM)

PERCENT OF MAJOI DIAMETER

l(miIfD 'I'O SATISFY AEI.ODYNMIC
STABK.

IEQUIIED 1O SA'I'ISFY ACCELEROMUEI
DATA EVALUATION

"IREQUIED TO SATISFY AERQDYMAMIC

STABLITY

+0.00029 KG-M 1.0 TYYRIN ) IEQUIIED TQ SATISFY SCIENCE

EVALUAT
IEOUIIED IO PROVIDE A THREE A XI5

* [REFEREMCE FOR MEASURING THE MASS

CHARACTERISTICS

THE. GEOMETRIC: CENTERLINE OF THE °
PROAES WILL 3E LOCATED WITH RESPECT
TO THE PROBE/BUS ATTACHMENT POINTS
BY USING MANUFACTURING TOOLING. T
THE SAME TOOLING WILL BE USED TO
MACHIME THE FOREBODY HEAT SHIELD
TO ACHIEVE A GEOMETRIC SHAPE
SYMMETRICAL ABOUT THE DESIRED
(CENTERLINE.
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geometric centerline and the spin axis. Detail elaboration on the mass
properties test plan is presented in Volume III, "Preliminary Project

Development Plan. "

6.1.2.4 Electrical Design Concept

The electrical schematic diagrams shown in Figure 6-18 (large probe)
and Figure 6-19 {small probe) depict the functional relationships between
probe engineering subsystems, science experiments, and the probe bus.
The major electrical subsystems are the electrical power, data handling
and command, and communications subsystems, outlined in heavy dashed

lines.

Electrical Power

The primary 28-volt, unregulated power to operate the probes is
supplied by a secondary (rechargeable) silver-zinc battery, selected he-
cause it produces the highest energy density from available space-qualified
batteries. Moreover, the superior magnetic properties of this battery make
requirements for magnetic compensation unlikely. The proposed bhattery
consists of 20 series-connected, 9.2 ampere-hour cells. The 20-cell con-
figuration provides a slightly higher initial voltage to maintain 28 volts
+10 percent (compatible with the load requirements) for the mission life
without additional regulation. Fault protection for the battery is provided
by fuses in the supply lines. The final charge will be provided before launch
and maintained thereafter in an open-circuit condition during the cruise

phase.

The recommended small probe battery configuration is identical to

the large probe with the substitution of 5.1 ampere-hour cells,

Probe power is distributed by a power control unit and associated
cabling, Isolation circuits provide compatibility with the bus power sub-
system and permit operating the probes with external power for test/check-
out. Cable cutters are used, in lieu of an electrically initiated separation
connector for probe bus umbilical separation and to sever electrical con-

nections before jettisoning the large probe aeroshell forebody and afterbody.
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All related circuits are electrically inert prior to activating the cutter, or

are isolated so that no damage will result from a short circuit,

Power switching functions for power transfer, ordnance, communi -
cations, and experiments are provided by general purpose and magnetic
latch relays derived from the Viking and Pioneer programs. The relays
were selected over solid-state switches on the basis of excessive leakage
currents and lower weight and cost. Satisfactory operation during sustained
periods of high deceleration {(typical of entry) have been de'monsfrated by
test.

Data Handling and Command

The Data Handling and Command subsystem {DHC) controls data
modes and formats, provides sequence control, and delivers data to the
bus telemetry interface or the Communications subsystem for direct trans-

mission to earth.

Event timing is provided by a coast timer, a descent timer, and re-
dundant g switches. The coast timer approach employs a low-power
crystal—contro‘lled design with its own dedicated battery. As a backup the
sequencing events can be initiated by the g switches which are activating
above 0.5 g, Timing during entry and descent is under control of the de-

scent timer which provides commands for all discrete events.

The g switches are disarmed until after probé separation from the
probe bus to avoid accidental triggering of the descent sequence by launch
or separation shocks, It should be noted that the preferred Atlas/Centaur
approach of using a pneumatically damped 50-g switch eliminates the dis-
arming requirement. The Thor/Delta arming/disarming is done by the

descent timer /programmer shortly after separation.

The arming is done by a series relay switch {mag latch) driven by
the descent timer (Figure 6-20). By using the descent timer, the g switch

does not rely on the coast timer, the backup for g switch.
The following sequence of events is projected:
1) the probe is transferred to internal power by bus command,

2) the probe is separated,
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3) the.descent timer arms the g switch,
4) the descent timer turns off the main power switch.

If required, in the small probes, the descent timer can run magnetometer

calibration before shutdown.
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Figure 6-20. Thor/Delta Probe Power Transfer Schematic

The command decoder receives commands from either the bus or
the descent timer and issues discrete signals for subsystem control. Pro-
vision is made for controlling (commanding) 60 discrete events in the large

and small probes.

The preferred design for the Thor/Delta confipuration uses fixed de-
scent formats, a solid-state static memory, and convolutional coding with
PCM/PSK modulation, A summary of the basic characteristics is given
in Table 6-10,

The memory uses static nondestructive -readout C-MOS cells, identical
to those recommended for the orbiter DSU. The cells are hybrid packages
containing 10 chips, providing a capacity of 2560 bits per cell, The memory
buffers the science data to match the capability of the transmission link,
storing data during blackout and during times of questionable communication

link integrity.
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Table 6-10, Data Handling Characteristics, Thor/Delta

Larpge Probe Small Probe
Bit Rates (bps) - %1150, %128, %12, 10
102. 4, 85,3
Number of Formats 4 3
Number of Data Channels 144 96
Data Coding - Convolutional, _ Convolutional,
: - rate 1/3 (con- - rate 1/3 (con-
straint length 6) - straint length 6)
{Subcarrier Frequency (Hz) 16, 384 ‘ 16,384
IMemory Size (bits) 10, 240 7, 680
Weight (kg) 2.3 | 2.1
Volume (cms) ' 2620 1980
Power (watts) | 3.0 2.0
*Stoia;ge only.

Data formatting is accomplished with a fixed program implemented
with programmable read-only memories (PROM's). PROM's are character-
ized by zero cruise power, low operate power, nonvolatility, and low weight.
Moreover, this approach permits format changes by replacement of PROM!'s
without rewiring before launch (no patch board address changes are réqﬁired).
Clock and sync pulses are available to all science instruments at the bit-

rate, word rate, and frame rate, and at octal multiples of 512,

All analog-to-digital (A /D) coﬁversion ig performed in the DHC sub-
system except from sources that are asynchronous to the basic clock or.
those that are spread over more than one frame. Multiplexing operatibns
are divided between the DHC subsystem and science on the basis of mini-

mizing interface wiring.

Viterbi decoding with a frame length of less than 1000 bits eliminates
the need for a recovery sequence of "tail. " Use of a Barker code sync word
(7 bits) is adequate for telemetry frame synchronization; while the remain-
ing 3 bits of a 10-bit word provide probe identification. Since all events are
hardwired into the timer and sequencer, time, format, bit rate, subcom
identification, and memory readout are uniquely related to the frame count;

no other time coding is required,
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Comrmunications

The recommended Communications subsystem configurations for the

large and small probes are shown in Figures 6-21 and 6-22, respectively.

PCM/PSK/PM modulation is preferred because major cost savings accrue

from the compatibility with the existing DSN interface.

The antenna design is adapted from an existing Viking design. The

turnstile -over-conical cavity approach offers the following features:

Best coverage for preentr.'y and postentry requirements
Excellent power handling capabilitYI(TS watts)

Good mechanical compatibility, short vertical dimension
Low weight (0. 23 kg)

Suitable for both large and small probes

Capable of withstanding descent temperatures without degradation,

| I
t 0 - WATT I PSK
DIPLEXER |g SOLID STATE TRJ?)I:'S\P’?;TER ‘ } MODULATION
POWER AMPLIFLER 1
COHERENT

DRIVE

N RECEIVER I

L _TRANSPONDER
Figure 6-21, Communications Subsystem, Thor/Delts Large Probe
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]
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POWER AMPLIFIER | ORIVER STABLE
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Figure 6-22. Communications Subsystem, Thor/Delta Small Probes
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For the large probe the diplexer is derived from the Pioneer 10 and
11 program. The 20-watt transmitter is capable of supporting 102. 4 bps
at altitudes above 30 km and 85. 3 bps to the Venusian surface. Ior the
two-way link the transponder (receiver unit} includes an automatic freque‘ncy
search and acquisition capability to rapidly acquire the uplink frequency be-

fore and following entry blackout.

A 10 -watt transmitter for each of the small probes supports a 10-
bps telemetry link., Provision for downlink excitation from a very stable
external oscillator affords one-way Doppler tracking and DLBI experiment

measurements,
6.1.3 MASS PROPERTIES MANAGEMENT

The management of mass propei'ties for the probe design is unique
in that the upper weight limit is defined by booster capability and the lower
welight iinnit is defined by ballistic coefficient. The present design definition
‘requires that the probe be within +1 percent of the present weight projections

at the time of hardware delivery.

Successful mass properties control will be achieved by providing con-
tinuous program awareness of the weight and balance status. Management
awareness of the mass properties projections, with sufficient time to react,

is the key to successful mass properties management. Our approach is to --

1} Start the program with a baseline design freeze; accurately define

~ subsystem design margins along with associated performance
values; establish and publish realistic weight allocation at the sub-
system level. ‘

2} Define and establish a detail weight specification before the first
design to cost review (This effort will align the weight definition
with the design and build plan.); establish subsystem target weights
2 percent below the reference weights (These design and perfor-
mance values will be published in the Performance Requirements
Document).

3) Weight estimates derived from engineering layouts will be 100 per-
cent calculated before the second design-to-cost review.

4) The detail weight data will be 90 to 95 percent calculated from
final engineering at the completion of drawing release. To pro-
vide maximum confidence in the current mass properties data,

. the prototype and test hardware will be weighed and the results
evaluated against previous estimates.
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5) The weight data will be 80 to 90 percent actual values by the time
the third design-to-cost review occurs.

6) Provide an advanced plan for managing weight margin, along with
a set of cost effective solutions for under and overweight projec-

tions.

Achievement of these objectives per the milestones schedule will
provide the awareness needed to cost-effectively manage the probe mass
properties.

Objectives

The objectives of the mass properties control program are:

1) Minimize cost with weight,

2) Fly maximum science,

3) Deliver flight hardware that matches the allocated weight within

one percent and at the same time satisfy all other associated

design performance requirements,

Requirements

The mass properties requirements are described in Table 6-3. The
probe weight allocations are defined by launch vehicle capability and ballis-

tic coefficients. This resulted in the following summary weight allocations:

Weight: Large Probe Smalil Probe
Launch through entry 263.6 70.0
Postentry 254, 1 67,0
Aeroshell Forebody Separation 187.1 -
Aeroshell Afterbody Separation 151.0 -

The requirements associated with center of gravity, principal axis
and ballistic coefficient will require ballast. This can result in ballasting

to achieve:
1) Principal axis alignment,
2) Radial and longitudinal center of gravity,

3) To achieve ballistic coefficient.
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It is possible to ballast these three conditions in one ballast operation, but

at any point in time ballast could be assigned in each category.

Weight Utilization Plan .

During the program two mass properties (weight) evaluations are

planned, the first being approximately October 1974 and the second being

August 1975. As shown in Figure 6-23, these two evaluation periods will

provide the opportunity for useful payload instead of ballast.

The Atlas/

- Centaur capability has allowed our design margins to be less restrictive
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B) HEAT SHIELD THICKNESS
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Figure 6-23. Weight Evaluation Milestone
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5%

than the Thor/Delta, therefore providing a more reliable design and the
ability to minimize cost with the use of weight. The increased design
margins coupled with the 15 percent contingency provides a high probability
that excess weight could be made available to accommodate other candidate
instruments, or further reduce cost., The growth depletion shown in Figure
6-24 provides the anticipated rate the weight margin will be used. This
figure also defines the anticipated 3- ¢ confidence associated with the de-
pletion projection at various program milestones. The first and second
mass properties evaluations could result in adding scientific payload or it
could be used to exchange a planned instrument for a more desirable in-
sttrument. This means, if alternative science is developed to the degree
that a DVU could be available prior to November 1975, new or substitute
alternative science could be added with minimum impact. This assumes
that volume, power, environmental protection, etc. margin was allowed

in the basic design on February 1974, This evaluation also clearly identifies
that early in the program most changes can be implemented without causing
major cost impact, but after November 1975 ballast is the probable cost-
effective candidate for meeting the pfoject weight. However, the thermal
ingulation and the heat shield could be varied in thickness until March 1977.

1974 1975 1978 1977 1978 R
[T
v
h . MNCMINAL ANTICIPATED
N, START OCT 1974 — — —- DEPLETION
~ 10 UNCERTAINTY
O, 354, I/F DEF

DETAIL DESIGH SPECIFICATION
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DD & 1P

1% SUBSYSTEMS EAN/ASSY,/TEST
~ S
] ~. WEIGHT DATA %
~ -~ CALCULATED FROM LAYOUTS FLYAWAY
~——— ™ FAB/ASSY
5% e —
1'“:'.':': _:‘--. . X DESIGN COMPLETE 95% CALCULATED FROM RELEASED ENGINEERING
- '\, MMC,/TRW PROBE SYSTEM LEVEL TEST
— 100% ACTUAL LIFTOFF
%
TRW INTEGRATION SPACECRAFT LEVEL TEST
FLIGHT ouﬁronﬁmstour
I—— 9 MOMNTHS — St 1] MOMNTHS ——— [ 17 MONTHS

e I

Figure 6-24, Waight Margin Depletion Schedule
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The planned weight evaluations will be aligned to precede or match
the design-to-cost reviews. Items currently defined as possible weight

management areas are:

1} Test elimination
a) Aeroshell afterbody acoustics test, fix - increase stiffeners

2) Material substitutions
a) Descent capsule outer skin; fix - use steel

b) Stability ring; fix - insert steel sleeves

3) Manufacturing tolerances
a) Insulation thickness
b) Heat shield thickness
c) Machining tolerance
1) Pressure Vessel.’
2) Longerons
3) Stability Ring

d) Repair Factors

4} Electronics

a) Open procurement requirements

5) Science
a) Po,tentiai candidates changés for incorporation
1) New science added to the payload l
2) Revisions to the science payload
3) . Science instrument exchanges

b) Replacement science

The heat shield and insulation thickness can provide an area to whic
“weight can be added or removed in a cost-effective manner. These items

also provide some potential for positioning the _cénter of gravity.

The list of possible weight management areas will be evaluated and

expanded as the program progresses.
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6.2 Probe Bus and Orbiter
System Definition



ALL VERSION IV SCIENCE PAYLOAD

6.2 PROBE BUS AND ORBITER SYSTEM DEFINITION

6.2.1 Atlas/Centaur Configuration (Version IV Science Payload)

6.2.1.1 Mechanical Design Concept

The mechanical design concept selected for the spacecraft configura-
tion is a conventional central cylinder/annular equipment platform configu-
ration used on many existing spacecraft. It is a cost-effective concept,

minimizing the cost and weight while meeting all program requirements.

The major loads on the spacecraft are the launch accelerations,
vibrations, and acoustic environments defined in Section 5.2, The pri-.
mary structure is defined by the accelerations at Centaur cutoff; for the
orbiter mission, orbit insertion accelerations using the recommended
solid rocket motors are as severe as the launch accelerations, The sec-
ondary structure and design of the subsystem assemblies are governed by,
the vibration environment which occurs during the first few seconds after
lriftoff.' The acoustic environment at launch governs the design of any

large surfaces, such as the solar array substrates,

| The central cylinder is the primary load path for both the probe bus
and the orbiter vehicles. The highest load is due to the large probe sup-
ported at the forward end of the central cylinder. Launch accelerations
tend to buckle the central cylinder. The annular equipment platform is
supported at its inner edge by the central cylinder. The small probes and
the subsystem equipment on the platform are the next largest load, and the
truss assembly is used to stabilize the outer periphery of the platform.
This truss assembly also contains the small probe release mechanism
(see Section 8, 8) and supports the solar array panels. An exploded view

of both probe bus and orbiter is shown in Figure 6-25.

~ Maintenance of structural commonality between probé bus and orbiter
for a given launch vehicle was a basic ground rule of the study in order to
minimize costs. Thus, a basic structure was configured, with additional
features unique to each mission restriced as far as practicable to mounting
provisions for mission-peculiar equipment and science instruments. This
is illustrated in Figure 6-26. Notice that, except for the small probe cut-
outs in the equipment platform, the basic structures are identical. Even

the mounting locations for the common equipment are retained.
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Figure 6-26, Simplicity and Commonality of Structural Design

The orbit insertion motor is mounted in the central cylinder for the
orbiter mission. The resulting accelérations during orbit insertion motor
firings are about the magnitude and in the same direction as the launch
accelerations; thus, no new load paths are required for the orbiter

spacecraft,

The science instruments are provided with their desired fields of
view, as illustrated in Section 3.. 2., The e:quipment platform is mounted
toward the aft end of the spacecraft, to give the spectrometer instruments
clear fields of view and to avoid potential contamination of their viewing
hemisphere by the attitude control system thrusters. This location of the
platform yields flexibility for mounting additional science instruments by
providing clear views in any aft-facing direction and by maintaining com-

monality with the probe bus configuration. This, is the forward portion
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of each spacecraft is reserved for mission-peculiar equipment (probes
for the probe bus, and communications antennas for the orbiter) and the
aft portion for spacecraft equipment and science accommodation. The

solar array size is also mission-related, and is forward-located.

To permit sequential small probe release it is necessary that the
center of mass of the probe spacecraft after large probe release be in the
same plane as the centers of mass of the small probes and spacecraft
expendables, Thus, as each small j)robe is released, the spin axis moves
parallel to the geometric axis', without tilting, This permits accurate
knowledge of spacecraft attitude during small probe release which is
required for good targeting knowledge, to minimize small probe wobble,
and to allow the use of axial high-gain earth-pointing antennas, Therefore,
the center of mass of the bus after large probe release, and of the orbiter,
is just forward of the equipmeht platform. With the forward-located solar
arrays this arrangement results in a solar torque imbalance which tends
to precess the spacecraft at a steady rate., This is discussed in detail in
Section 8.5. On the orbiter, in a similar fashion, a single deployable
magnetometer boom is allowable by having expendables (liquid and solid
propéllant) and the magnetometer boom all in the same plane as the center

of gravity of the spacecraft,

Each configuration has an inertia ratio well in excess of 1. 10 for
good spin stability during all flight phases. Mass properties of the space-

craft are tabulated in Section 6.2.1. 3.

6.2.1.2 Dynamics and Attitude Control

The dynamic response of a sp'i'h-stabilized spacecraft affects the per-
formance of the attitude control system, The primary dynamic distur-
bances to the spacecraft attitude are induced during the firing of the AV
thrusters and the solid rocket motor, The thrusters are located such that
velocity change (AV), attitude precession, and spin-rate change can be

accomplished by firing appropriate pairs of thrusters (see Figure 6-27).

The axial thrusters provide AV by firing a pair of thrusters oriented
in the same axial direction. This provides a net thrust vector which acts
along the spacecraft centerline. The primary disturbance torques resulting

from this are because of thrust-level differential between the two thrusters
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Figure 6-27, Attitude and Velocity Contral Thruster Arrangement

being fired, the misalignment of the thrusters, and the spacecraft cénter
of mass offset from the centerline. The thrust-level differential produces
a body-fixed transverse torque on the spacecraft. This causes the space~-
craft spin axis to cone in inertial space and produces errors in the velocity

increment and spacecraft attitude.

The misalignment of the thrusters produces both a fransverse torque
and a spin torque on the spacecraft. ‘The spin torque is the greater of the
two effects such that for large AV maneuvers, the potential spin-rate change
is quite large, Therefore, before a AV maneuver, the spin coupling should
be calibrated and the maneuver then controlled such that unacceptable spin-
rate changes are not induced. This can be dor;e either by changing the ini-
tial spin rate to accommedate the expected change, or by per_fofming the
AV maneuver in more than one increment and correcting the spin rate after

. each increment,

 After releasing the first and second small probes, a large center of
mass offset occurs in the radial direction. This produces a transverse
torque which produces the same type of disturbances as the thrust level
differential produces. The resulting errors can be reduced by increasing

the spin rate before the AV maneuvers if necessary.

The transverse (spin control) thrusters can also be used to produce
‘a AV by firing in a pulse mode an appropriate pair which are both oriented
in the same direction. The primary disturbance induced by this maneuver
is attitude error due to axial center-of-gravlfity location and spin coupling
due to thrust-level differential. The transverse thrusters are nonﬁnally
located in the center-of~-mass plane of the spacecraft, However, for the

. probe bus, the center-of-mass plane changes significantly after large
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probe separation. Therefore, the gpin control thrusters are located in
the center~of-mass plane which exists after large probe separation. The
attitude errors induced by a AV maneuver using these thrusters before
large probe separation are prohibitive, thereby requiring the axial

thrusters for such maneuvers.

For the orbiter configuration, the solid rocket motor firing induces
dynamic errors of the same nature as those the axial thrusters produce.
However, because of the much largef thrust of the solid rocket motor,
the disturbance torques due to thrust vector misalignment require a much
higher spin rate to limit the errors to a reasonable value. A spin rate of

6.28 rad/s (60 rpm) has been found to be necessary for this maneuver.

The magnitudes of the expected disturbances are shown in Tables 6-11
and 6-12,

Table 6-11., Atlas/Centaur Probe Mission Spacecraft Dynamic Disturbances

ANGLE-OF MOMENTUM VELOCITY
THRUST SPIN-RATE VELOCHY MUTATION
EVENT (re\ySEC ;| EACKH THRUSTER | “CHanGE A VECIOR | DISPERSION | DEGRADATION |  ANGLE
[N {LB)] TRAD/S ®RPMI] | [paD [DEG)] | rRAD (DEG)] | TRAD (DEG)] | - WS TRAD {DEG)]
FIRST MIDCOURSE m |13 52007 | 0057189 | omap.? 0.007 (0.4) | 0,003 {0.2) 0.0026 | 0.024 1.4
SECOND MIDCOURSE (1) | 7 520.17) | 08408 | c.0300.7 0.007 (0.4) | 0.003 (0.2} 00014 0.024 1.4)
THIAD MIDC GURSE a2 5.2(1.17) £0.021 0.2} | 0.030 (1.7} 0.007 (0.4) | 0.003 {0.2) 0.0004 0.024 [1.4) -
@ [z 52047 | 05610 1,920 {110) 1,520 {110) LARGE LARGE
FIRST RETARGETING wm | .oz 5.20.17) {010 50,7 | C.017 (1) 0.007 (0.4) | 0.003 (0.2) | NEGLIGIBLE ©.00% {0.5}
@ 1.02 5.20.,17) +0.042 (0. 4) 10,814 (£0,8) 0.014 {0,8) MEGLIGIBLE NEGLIGIBLE 0.003 (0.2}
SECOMD RETARGETING (1} | 7.32 5.20.17) £0.063 (:0.6) | 0.157 (9} 0.052 (3) 0.026 (1.5) .04 £.105 &)
THIRD RETARGETING {1} | .34 5.20.17 $0,063 410.6) | 0.171 (9.8} 0.082 (4.7) | 0,042 (2.4 ¢.04 2. 108 (6,2)
@ |63 5.201.17) £0.283 42.7) | 0.096 (5.4) 0.07 (5.6) | 0.049 (2.B) NEGLIGIBLE 0.002 (0.1)
FOURTH RETARGETING (1)  |26.55 5.20.17) 10,241 62,3 | 0.5 0.017 (1} 0.009 (0.5} 0.01 ©.017 {1)

ASSUMES 0,524 RAD/S (5 RPM) RATE FOR ALL CASES
(1} USING PAIR OF AXIAL THRUSTERS WITH % MILLIRADIAN MISALIGNMENT
2) USING PAIRS OF SPIN THRUSTERS WITH +4 PERCENT THRUST-LEVEL UNCERTAINTY

6. 2, 1.3 Mass Properties

Weight and mass properties estimates are summarized in this
section for the Atlas/Centaur probe and orbiter spacecraft configurations.
The first part presents the mass properties for the preferred Atlas/
Centaur Version IV science payload and the all-1978 mission launches,
and is restricted to the preferred configurations of probe and orbiter

{(earth-pointing) and the optional orbiter configuration with despun reflector.
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Table 6-12,

Bacw [Pacw & arc v

Atlas/Centaur Orbiter Dynamic Disturbances

av THRUST SPIN-RATE | AN OF | | e on | VELOCITY | NUTATION

EVENT oidec) |EACH THRusTEe | Crance | ATIACH s ANGLE | |DEGRADATION |  ANGLE

I (L8] TRAD/S RPM)] | (¢aD (DEG| |TRAD (BEG) | RAD DEG)I |  M/SECH | [RAD (DEGH

FIRST MIDCOURSE 14.5 5.20.7) | w2y | ooze | omea| sozen|  oos 0.047 (2.7)

SECOND MIDCOURSE 7 5.20.07) | 207 p1.4) | 0omany | o244 cozen]| oo 0.047 (2.7)

THIRD MIDCOURSE 2 5.2(.17) | 0.042 40.4) | 0.072 4.0) | 0.024 (L4} e.m2.A] 0002 0.047 2.7)

DEBOOST 21 600 (4800} ) 006 3.7) | 0.0 1. so0@e| % 0.044 (2.5)
. M X .

PERIAPSIS TRIM AV (TOTAL} | 42,5 52007 | womsers) | o ey | seeas| cozen| o 0.047 (2.7)

2 MILLIRADIAN THRUSTER ALIGNMENT

+4 PERCENT THRUST-LEVEL UNCERTAINTY FOR EACH THRUSTER

0.524 RAD/S (5 RPM) SPIN RATE FOR MIDCOURSE AMD PERIAPSIS TRIM MAMEUVERS
6,283 RAD/S (&0 RPM} SPIN RATE FOR DEBOOST MAREUVER (VENUS ORBIT tNSERTION)

ASSUMPTIONS:

The second part of this section is devoted to earl]‘.ier studies on the
Version III science payload and the 1977/1978 mission launches and in-
cludes mass properties of the preferred probe and orbiter configurations

as well as three optional orbiter configurations.

The spacecraft weight summary is Vpreaented in Table 6-13 for the
preferred Atlas/Centaur proBe and orbiter missions. The weight margin
for each mission represents the additional launch capability over the
estimated current weight, including contingeﬁcy and nominal science

payleoad,

Presented below are mass properties requirements, weight sum-
maries, .detailed weight breakdowns, mass'properties estimates for
various flight conditions, and the coo’rdinatg reference axes and notation.
systems used in the mass pfoperties analyses, Details of the large and
small probe weights and mass properties used in this section are given

in Section 6. 1. 1. 3.

Requirements

The requirements imposed by the Version IV science payload, the
use of Atlas/Centaur for both missions, the chahge in the probe mission
launch date to 19??, and the upward revision of anticipated Atlas/Centaur
performance are reflected in Table 6-14., Based on a review of the launch
vehicle supplier data, the mass properties requirements imposed by the

launch vehicle are not stringent and should pose no problems.
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Table 6-13. Spacecraft Weight Summary for the Preferred

. Atlas/Centaur Probe and Orbiter Missions

ESTIMATED WEIGHT
INCLUDING CONTINGENCY
KG (L8

PROBE MISSION

PROBE BUS (INCLUDING 13.7 PERCENT CONTINGENC Y 202.8 (447}

ON DRY SPACECRAFT) _

NOMINAL 5CIENCE PAYLOAD (INCLUDING 15 PERCENT B.6 (30

CONTINGENCY}

LARGE PROBE (INCLUDING 16,5 PERCENT CONTINGENCY) 07.1 &7

SMALL PROBES (3) (JNCLUDING 16.5 PERCENT CONTINGEMCY) 7445 (539)
TOTAL SPACECRAFT AT LAUNCH ’ 7680 (1693)

LAUNCH CAPABILITY [EXCLUDING 47.7 KG (105 L8) ‘ 782.0 (1724

PAYLOAD ADAPTER] . . .

WEIGHT MARGIN ABOVE CONTINGEMNCY ALLOWANCE 4.0 am

CRBITER MISSION

SPACECRAFT (INCLUDING 13.2 PERCENT CONTINGENCY 405.1 {B¥3)
QN DRY SPACECRAFT}

NOMINAL SCIENCE PAYLOAD {INCLUDING 15 PERCENT 45.4 {100}
CONTINGENCY)

TOTAL SPACECRAFT AT LAUNCH 450.5 {#93)
LAUNCH CAPABILITY (EXCLUDING 47,2 KG (105 LB) ’ 508.0 (11209
PAYLOAD ADAPTER] —

WEIGHT MARG It ABOVE COMFINGENCY ALLOWANCE - 57.5 (127)

Table 6-14, Atlas/Centaur Spacecraft Mass Properties
Requirements for Atlas/Centaur Version IV
Science Payload and All-1978 Mission Launches

REQUIREMENT

PROBE SPACECRAFT

782 KG (1724 L8)
MAXIMUM (TYPE |
TRAJECTORY)

PROPERTY
ORBITER SPACECRAFT

508,0 KG (2120 LB)
MAXIMUM (TYPE Il
TRAJECTORY)

SPACECRAFT WEIGHT AFTER SEPARATION

LONGITUDINAL CENTER-OF-GRAVITY
LIMITATION (DISTANCE OF SPACECRAFT
CENTER CF GRAVITY FORWARD OF
SPACECRAFT/LAUNCH VEHICLE SEPARA-
TION PLAME)

(NOT A STRINGENT LAUNCH
VEHICLE REGUIREMENT) '

RADIAL CENTER OF GRAVITY OFFSET
FROM SPACECRAFT CENTERLIME DURING
LAUNCH CONDITIOMNS

(NOT A STRINGENT LAUNCH
VEHICLE REGLIREMEMNT)

INERTIA RATIO [RATIO OF SPIM TO TRAMS- .
VERSE INERTIAS FOR LONG -DURATION 1,10 1,10
SPIN STABLITY CONSIDERATIONS)

SPACECRAFT PRIMCIPAL SPIMN AXIS PARAL-
LEL TO SPACECRAFT LONGITUDRINAL CEN-
VERLINE DURING LAUMCH COMDITHONS

(MO SPECIFIC BALAMNCE
STIPULATED BY LAUNCH

REQUIREMENTS ARE
VEHICLE REQUIREMENTS}

PRINCIPAL SPIN AXIS IN THE XY AMD XZ
PLANE PARALLEL TO THE X-AXIS

<u.0035 RADIAN (<0,20
DEGREE) (PRELIMINARY
ALLOCATIQON) DURING
PROBE SEPARATION
AND BUS REENTRY

<0 ,0035 RADIAN (£3,20
DEGREE} (PRELIMINARY
ALLOCATICON) DURING
VENUS ORBIT OPERA-
TIONS

Preferred Earth-Pointing Spacecraft Configurations

@NC v

The detailed weight brealkdowns for the preferred probe and orbiter
A/CIV .
[EP' spacecraft configurations are presented in Figure 6-28A. Because of the

increased payload capability of the Atlas/Centaur, sufficient weight
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/A DETAILED WEIGHT SUMMARY : ‘ B SUMMARY OF SPACECRAFT MASS PROPERTIES DURING VARIOUS FLIGHT CONDITIONS C COORDINATE REFERENCE AXES AND NOTATION
It : ’
—— ' PROBE SPACECRAFT
WEIGHT WEIGHT ! )
. . DESCRIPTION '
DESCRIPTION : PRCIZE MISSION ORBITER MISSION FROBE MISSION ORBITER MISSION
{KG) (LB} {KG) (LB) ) (KG) {LB) (KG) (LB} 2511 CM
‘ - 98.86 IN,) DIA—
ELECTRIC AL POWER 21.5 47.4 39.4 _B6.8 STRUCTURE (¢ OMTINUED) g
SCLAR ARRAY ASSEMBLY (515X PAMNELS) . B.6 8.0 14,20 3.3 PLATFORM/COMPARTMENT ASSEMBLY 27.03 5.4 - 27.03 9.6 .
BATTERY 1,59 3.5 10.48 23.1 UPPER STRUTS {12) . (2.5%) 5.7y | (2.59) (5.7)
POWER CONTROL UNIT INCLUDING SHUNT 4,45 9.8 6.35 14,0 PLATFORM STRUTS (6) S 0. 3.7 (1.88) 6.7 §
CTRF 4.99 1.0 6.03 13.3 VERTICALS (6) ©o(1.81) (4.0} (1.81) 4.0) ¥ SMALL
INVERTER 2.3 5.1 2.31 3 UPPER RIMNG ASSEMBLY bo(2.54) (5.6) {2.52) (5.6) . ) ; ; sy PROBES
COMMUNICATICNS 13.2 290 15.0 3.1 PLATFORM STRUT FITTINGS (6) {0.82) .8 {0.82) {1.8) WEIEHT CENTER OF GRAVITY MOMENT5 OF INERTIAL PRODUCTS OF tNERTIAS! paTiof) (1342
CONSCAN PROCESSOR -—- -— 0.36 0.8 PLATFORM ASSEMBLY {15.49) (34.6) (15.69) (3.8) COMDITION S} (e . " 2 Ty GFIN] Ty iz Xy Puz Fyz Ay I ;ART.&EIE':
RECEIVERS (2) 4.90 10.8 2.36 5,2 BRACKETS AND ATTACH HARDWARE (1.90) {.2) {1.90) {@.2) ! € 0N | eMy o | e o) (K2 - (STIEUG (Kzs- (S%UG (KzG- (Sliue (KzG- STEUG [KZG- (SI.':’UG (KZG— (SL2UG LA S 4 LARGE PROBE
TRANSMITTER DRIVERS (2) 1.2? 2.8 1.09 2.4 SOLAR ARRAY SUPPORT ASSEMBLY X 13.0 5.81 12.8 M FT) M) FT5 [ M9 . FTT [ M9 FTO) | M9 L 0 S 3
PCWER AMPLIFIERS (2) : 0.54 1.2 0.54 1.2 UPPER RING {i.60) @.6 {1.55 8.4 PROIBE MISSION
HYBRIDS (0/2) . o T o-% 22 LOWERRING {-en .0 181} .9 AFTER BOOSTER SEPARATION 72.oli72¢] 3282 1292 | 0 @ 0 o 430 31:; Nns | 2 214 o| o i“ééi,';"': SRAVITY +z
. . . 14 20 ‘ 0 ° 77 58 T SEPARATION
DIPLEXERS {2) 1.95 4.3 1.95 4.3 STRUTS {18) (2.45) (5.4) @.43) 6.4 ' : @ @7 | 38 @5 | s @219 £15.3DEG} | (.35 (.50 | (0.42) CENTER OF GRAVITY
SWITCHES {(5/7) ) 1.34 3,0 1.91 4.2 PROBE SUPPORT AND RELEASE MECHAMISMS (4) 8.03 17.7 ——- — AFTER MIDCOURSE _ ) 293 . o : AFTER LARGE PROBE X 35267|EIM)
FORWARD OMMNI 0.14 0.3 0.41 0.9 HIGH-GAIM ANTENNA SUPPORT ASSEMBLY —— — 1.27 2.8 RS 51703 | 328.4 A0 0 0 (252) @%i) (%}2) égg) égg) é}f}) o a ¢ {-7:'5?.3 DEé')a 535 (.50 ©.41 SEPARATION T~ S
AFT OMNI 0,41 0.9 0,14 0.3 MAGNETOMETER BOOM ASSEMBLY — — 422 9.3 X /
MEDIUM-GAIN ANTENNA Conse 3.3 1.50 3.3 PROPULSION SUPPORT ASSEMBLY 2.27 5.0 2.27 5.0 AFTER LARGE PROBE SEPARATION | 468.1} 1032 | 307.6 1213 | © 0 0 a (g;g} é;) égg) (:gg} dg; (}ﬁ) 0 0 0 0 (_71_; . Dsé')s 0 (.52 .78 —‘——\\- ------ > \35.6 cmtu-t.o IM.)
HIGH-GAIN ANTENMNA — —- 3.31 7.3 DAMPER (2/1} o nm 6.0 2.72 6.0 . . . y —r
: o .23 0.5 0,23 6.5 AFTER FIRST SMALL PROBE . .
RF COAX AMD CONNECTORS 113 2.5 1.3 3 FORWARD OMMI SUPPORT SEPARATION 6.9} 852( 3076 1211 [¥5.7 62| 9.1 3.6 | 207 29 | 22 e |17 o0 | e | o 0 0 | -0 -2 : DA s dom | f 3-8 CM 1450 IN.) by )
ELECTRIC AL DISTRIBUTION 15.5 34.1 15.8 34.8 AFT OMN| SUPPORT © bes 1.5 0.23 0.5 J @s7y @9 | G asy | (e (87 (-25.7 DEG} | {(1.34) (2.5 | (0.73) 21N e ,‘ w7 o tis.s0 ey * .
COMMAND DISTRIBUTION UNIT v 413 71 4.45 9.8 ngzt';'i’:';:?;:ii‘:;ﬁpmm ?'iz :‘g ?'22 2'3 AFTER SECOND SMALL PROOBE ‘ ALPARATIGN—— ! -
HARMESS AND CONMECTORS 15.34 25.0 1134 25.0 . . - - SEPARATION 34.4| 67| 3076 1211 | © 0 23,3 9.1 226 167 | 189 125 103 76 0 0 a ¢ 7.7 57 el oosp M
Cw NM/IM SPECTROMETER SUPFORTS (2) 2.04 4.5 1,50 1.3 , ‘ @) (&7 | am) (2 |83 (e ' (6.6 0EG) |03z @20 | 7 o 23,5 oM 5.0 1.y Onae] 773 b3 D1A
DATA HANDLING 3.9 8.5 16.4 -3 EQUIPMENT TIE-DOWI AMD INTEGRATION HARDWARE 4.08 9.0 4,08 9.0 AFTER THIRD SMALL PROBE ) , ) B
DIGITAL TELEMETRY UNIT 3.08 6.8 3.08 5.8 BALANCE WEIGHT PROVISIO ) 5.4 2.0 54 7.0 SEPARATIOM {END GF LIFE) 220,05 485 307.6 1211 [} ] 0 0 176 130 121 89 99 73 ] Q 0 [ 7.7 5.7
DIGITAL DECODER UNIT 2) 077 g 0.77 7 N N _ . & . . . (s8) (320 | gz o | #® 0 72 (-18.5DEG) | (1,43} (1.80) (©.59) ORBITER SPACECRAFT
DATA STORAGE UNIT -—- -=-- 14,52 2.0 CRBITER MISSIOMN 1 i
» SPACECRAFT BUS LESS SCIENCE (DRY) <161.0 355.0 214,1 472.0 _—
ATTITUDE CONTROL 2.7 6.0 4.7 10.3 : Afﬁﬁ soogﬁaansgg%ugg 508.01120| 309.4 1218 | o0 @ 0 0 2&4) 195 167 122 | 175 129 o 0 0 0 -15.2  -11.2
—_— . GHET 54} (195 156) (115) | (187) (138 -38.1 DEG . . 0,53
CONTROL ELECTROMICS ASSEMBLY 2.3) 5.1 l:::):s g: SCIENCE IMETRUMENTS 3.8 . 454 1001 o ) 3 3 | e Ues) L oqaey 71 (g7} {138) { P (4] 0.5 — 261.6 CM (102.0) DIA
SUN SEMSOR ASSEMBLY (2) 0.41 0.9 4] . T NEUTRAL MASS SPECTROMETER .28 ey .26 138 AFTER BOOSTER SEPARATION 58.001120| 309.4 1218 | 1.5 0.4 ]-0.3 -0.1 | 32 230 68 13 | 221 163 o 0 0 0 -18.4  -13.6
- : ' : (MAGNETOMETER DEPLOYED) @12) @0 | sty i | 228  {167) -17.3DEG) | (1.93) (1,38 0.59
DRIVE SYSTEM, RAM FLATFORM === - 1.81 4.0 ION MASS SPECTROMETER - 4.0 1.68 3.7 w@ze) ¢ (.53 Q.38 | (059
AFTER MIDCOURSE 505.8 JL115) 309.4 1208 | 1.5 0.4 {03 0.1 | 310 29| 167 123 f 22 1583 0 o a 0 -[8,4  -13.6
PROPULSION (DRY} 7.9 17.4 7.9 17.4 ELECTROM TEMPERATURE PROBE 1.13 2.5 l.g:? g.: (MAGNETOMETER DEPLOYED}) ; (310) {22¢) | (161) (11%) | (226) (147} {-17.3DEG) | (1.52) (1.37) {0.59) 459.0 CM
4.49 2.9 4,49 9.9 MAGNETOMETER — —— . . .
PROPELLANT TANK ASSEMBLY (3) UV SPECTROMETER : a3 o9 o276 18 PRIOR VENUS ORBIT INSERTION | 505.8l1115| av4 1208 | 0o o [ o o {283 w9 | w 1w lws 22 {ole o o | sz e - (180 410
THRUSTER ASSEMBLY (8) 2.18 4.8 2.8 4.8 . RS : . : (MAGNETOMETER STOWED) 263) (194) | (158) (M4 | 08 (37 {-38.1 DEG) | (.70} (1.42) (0.54) RADAR
FILTER 0.23° 0.5 0.23 2.5 SOLAR WIND ANALYZER —— — 5.76 12,7 _ ALTIMETER
It RADIGMETER o . 6.26 13.8 AFTER VENUS ORBIT INSERTION | 358.8 L 791| 3004 1218 | © 0 0 0 256 189 159 117 67 123 0 o | o 0 -15.2  -11.2 -
PRESSURE TRAMSDUCER 0.14 0.3 0.14 0.3 - : {MAGNETOMETER STOWED) (258) (189) | (148) (:09) | 07 (132) {(~38.1 DEG) | (1.72) (1.43) (0.56) Vi
FILL AND DRAIN YALVE ASSEMBLY 0.0% 0.2 0,09 0.2 X-BAND CCCULTATION — S 3.1 8.9 ]
- , RF ALTIMETER e s 10.43 23.0 AFTER VEMUS ORBIT INSERTION [ 358,8 1791 309.4 1218 | 2.3 0.9 1-0.0 =01 | 302 223 180 138 | 213 157 o 0 0 0 <184 -13.6 MAGNETOMETER AND
PROPFELLANT LINES AND MISCELLANEQUS 0.77 1.7 0.77 i. : . : (MAGNETOMETER DEPLOYED} ; @oz) @23 | (s3) 3 | @y 81 i (-17.3DEG} | (1.7 (1.38) (0.61) ELECTRCMICS UNIT
. | 4 RETARDING POTENTIAL AMALYZER 1.41 3.1 — -— :
SOLID INSERTION MOTOR [BURNCUT) il m=== 18,7 : AFTER SCIENCE DEPLOYMENT 350.8 [791] 307.4 1218 | 4.8 1,9} 2.0 Q.8 325 240 182 134 213 157 4 0 o 0 ~4,5  -3.3
THERMAL CONTROL I5.5 34.3 15.2 33.5 » SPACECRAFT BUS (DRY) 174.8 385.3 259.5 572.1 {MAGNETOMETER DEPLOYED) : (325) (2400 | (182) (134) | @214 (58) (-2.8DEG) | (1.79) (1.52} (0. 64)
INSULATION ASSEMBLY 10,12 22,3 8,35 18.4 END OF LIFE 3474 |766! 3084 28| 51 20| 20 o048 | 321 27 | 180 13 | 212 156 0 0 & ¢ -4,5 -3.3
FORWARD CLOSURE ASSEMBLY 1.09 2.4 1.32 2.9 PROBES (WITHOUT CONTINGENCY) 473.7 1044,4 e (MAGMNETOMETER DEPLOYED) (B21) @37) ¢ (79 030 [ @12) (156} (=7.90EG) | (1.7  {1.52) 0.84} |
: BE 263.4 561.2 p .
SIDE CLOSURE ASSEMBLY 0.54 1.2 0.54 1.2 HARGE PRO MNOTE: {1} VALUES IN PARENTHESES ARE REFERENCED RELATIVE TO THE PRINCIPAL AXES oM
LOUVER ASSEMBLY (3/5 SQUARE FEET) .77 .y 2.95 4.5 SMALL PROBES (3) 210,1 183.2 — — NOTE ‘ ~
R a, 1.5 0.68 1.5 ‘ ‘ -1 £ lmtA T 0-3 +X
sty I:IS';LT;::M}:LTIETT ETC t :i 3.0 1.34 s.o | o | IACKRAFT ORY) 8.5 s Hhs 2.1 (2) INERTIA PARAMETER, 3 = [( Y) ( >'( Z) ] 7 |
HEATERS, , 7 I, z . ‘ T CENTER OF GRAVITY
STRUCTURE 5.4 1662 Az 1S PROPELLANTS AND PRESSURANT X 43.8 162,64 358.4 1
CENTRAL CYLINDER ASSEMBLY 20.82 45.9 22.77 50.2 IMSERTION PROPELLANT AND EXPENDED INERTS ' -— -—— 144,47 318.5 f;g’_—g &M) :
UPPER RIMNG ) B N1 8.8} (2.99) %.4) HYDRAZINE PROPELLANT . 18,70 ’.9. 16.33 35.0 ©slse | 0.393 RAD
CYLINDER AND LOWER FRUSTUM ®.21) (18.1) - {8.08) (17.8) NITROGEN PRESSURANT 1.77 3.9 1.77 3.9 . @5.0 ]m‘.) ; [22.5 DEG)
PLATFORM SUPPORT RING (1,54} (3.4 (1.54} (a.4) : ‘ S0 |
SEPARATION RING : (6.62) (14.6} 6.62)  (14.8) o SPACECRAFT LESS CONTINGENCY 548.4 1473.5 422.1 930.5 | _ 3.83 Ch f114.50 IN.) a1 i
MOTOR MOUNTING RING ——— e (2.95) (6.5) - ) ) 55.4 CM [21.8 1H4.)
! : . I 34,3 CM L3, . ' . -8 1N,
ATTACH HARDWARE ©.46) 0.0 0.88) (t.5) CONTINGENCY (NET ALLOWABLE) 113.6 250.5 85.9 189.5 3 CM 03,50 1N, L sepapation
: (PERCENT OF DRY SPACECRAFT WEIGHT} ‘ 7.5 (33.2) 959 At oA I|"‘ SEPARS
- ) : 37.75 IN.} REF 5TA 254.0 CM
s GROSS SPACECRAFT AFTER SEPARATION 782.0 1724.0 508.0 1120.0 b= 212,5 CM (85,0 IN.) DIA-=t {100 1N,
"M
Figure 6-28. Preferred Earth -Pointing Atlas/Centaur Spacecraft Mass
| Properties Summary, Version 1V Science Payload and 1978
Mission Launches
/ - o ; 6-53  BoLDOUT Fr. &
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contingency margins exist for both configurations, even for the 1978 launch
opportunity, which is inferior to 1977. Feor the probe and orbiter space-
crafts the congingency margins are 113 kg (250 1b) and 86 kg (190 1b),
respectively, As a percentage of dry spacecraft weight, this represents

a contingency factor of 17. 5 percent for the probe and 33, 2 percent for

the orbiter; these exceed the preliminary contingency analysis require-
ments (Appendix 6A) of an estimated 15. 8 percent for the probe and

13. 2 percent for the orbiter. The science payload weight also includes a

weight allowance of 15 percent for present uncertainty.

Spacecraft mass properties characteristics for various flight con-
ditions are summarized in Figure 6-28B and are based on the coordinate

reference axes and notation systems presented in Figure 6-28C.

The inertia parameters (\) for the probe spacecraft before probe
separation range in value between 0. 41 and 0. 42, and during and after
probe separation from 0. 59 to 0. 78. For the orbiter spacecraft the »
value ranges between 0.53 and 0. 64. Two dampers are used in the probe

spacecraft configuration and a single damper in the orbiter.

All expendables, separable elements, and deployables are located
in the composite longitudinal center-of.gravity plane of the spacecraft bus
(i, e., in the longitudinal center-of-gravity plane of the spacecraft less the
large probe) to minimize principal spin-axis misalighment of the probe
spacecraft during periods of asymmmetric separation of the small probes
and the deployment of scientific sensors before Venus entry. Radial shift
of the spin axis occurs during these periods; however, the spin axis
remains parallel to the longitudinal reference axis, since products of

inertia are not induced in the XY and XZ planes.

Similarly, for the Atlas/Centaur orbiter mission, all expendables,
and deployables with the exception of the radar altimeter antenna are
located in the composite longitudinal center-of-gravity plane of the space-
craft bus. The radar altimeter antenna is stowed in such a manner that
there is no change in the products of inertia about the spacecraft center
of gravity in the deployed position. The only problem with this scheme is
the possibility of a failure mode where only partial deployment of the
antenna causes a degradation in mission performance resulting from a

change in products of inertia and associated principal axis shift. A method
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which would eliminate this problem is to counter-balance the weight of
deployable mass in such a manner that even partial deployment does not
change the products of inertia. The disadvantage of the counterweight is
approximately 2. 72 kg {6-1b) increase in spacecraft weight. The most
desirable deployment scheme is an in-plane deployment. However, current

estimates of dimensions preclude stowing the antenna in the center of gravity.

For both the probe and orbiter spacecraft configurations, the llaunch
vehicle mass properties requirements are less stringent than spacecraft
operational considerations. A preliminary allocation of 0. 0035 radian
(0. 20 degree) for the principal axis uncertainty for both the orbiter and
the probe spacecraft during probe separation and bus entry has been made

to satisfy the error budget for attitude determination and probe deployment.

Figure 6-28B summarizes mass properties and principal axes

orientation during various -flight conditions.

Optional Despun Reflector Orbiter Configuration % |
for the Version IV Science Payload A/CIV

A weight summary comparing the optional orbiter configuration with
the preferred configuration is presented in Table 6-15. The optional con-
figuration is feasible from a mass properties consideration, having ade-
quate weight contingency and being inertially stable, The detailed ;veight
breakdown for the optional configuration is presented in Appendix 6D,

Table 6=-15, Atlas/Centaur Optional Despun Reflector Orbiter Configuration
Weight Comparison {Version IV Science Payload)

WEIGHT
EARTH POINTING DESPUN REFLECTOR
DESCRIFTION PREFERRED OPTIOMAL
CONFIGURATION CONFIGURATION
KG (LBY [KG (LB}
ELECTRICAL POWER W4 {85.8) © 44,5 198.1}
COMMUNICATIOMS 15.Q {33.1} 12.7 {27.9)
ELECTRICAL DISTRIBUTION 15.8 {34.8) 15.8 (348}
DATA HANDLING 18.4 {40.5) 18.4 {40.5})
ATTITUDE CONTROL . 4.7 {10.3) 12.8 {28.3}
PROPULSION (DRY) 7.9 {17.4) 7.9 (17.4)
SOLID INSERTION MOT OR. (BURNOUT) 18.4 #1.1) 18.6 1.1}
THERMAL COMNTROL ; 15.2 133.5) 15.0 {33.0)
STRUCTURE 73,7 (142.5) 7 72.0  (158.8}
BALANCE WEIGHT PROVISION 5.4 nz.a 5.4 2.0
SPACECRAFT BUS LESS SCIENCE (DRY) a1 (4720 2231 (91,9
SCIENTIFIC INSTRUMENTS 45,4 (100,17} 45.4  (l00.1)
SPACECRAFT (DRY) 259.5 (572.1) 268.5 592.0)
INSERTIGN MOTOR EXPENDABLES 44,5 (318.5) 14,5 (318,5)
HYDRAZINE PROPELLANT AND PRESSURANT 18.1 (9.7 8.1 (39.9)
SPACECRAFT LESS CONTINGENCY 4271 (930,5) 431 {$50.4)
CONTINGENCY {INET ALLOWABLE) 8.5 (1895 76,9 (165.4)
(PERCENT OF DRY SPACECRAFT WEIGHT) (33.19) (78.6%)
GROSS SPACECAAFT AFTER SEPARATION 508.0  (1120.0) S0A,0 {1120.0)
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Requirements for Version IIl Science Payload
and 1977/1978 Mission Launches
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The probe and orbiter spacecraft mass properties requirements

imposed by the Atlas/Centaur launch vehicle and mission considerations
are summarized in Table 6-16 for the Version 1II science payload and the

1977/1978 mission launches.

Table 6-16, Atlas/Centaur Spacecraft Mass Properties Requirements for

Version III Science Payload and 1977/1978 Mission Launches

REQUIREMENT

PROPERTY

PROBE SPACECRAFT ORBITER SPACECRAFT

SPACECRAFT WEIGHT AFTER SEPARATION 771.1 KG (1700 LB)
MAXIMUM (1977,

TYPE 1) TRAJECTORY

435.4 KG (960 LB}
MAXIMUM (1978,
TYPE I1) TRAJECTORY

LONGITUDIMAL CENTER-CF-GRAVITY
LIMITATION (DISTANCE OF SPACECRAFT
CENTER OF GRAVITY FORWARD OF
SPACECRAFT/LAUNCH VEHICLE S5EPARA-
TICOM PLAME)

(MOT A STRINGENT tAUNCH
VEHICLE REQQUIREMEMT)

RADIAL CENTER OF GRAVITY OFFSET
FROM SPACECRAFT CEMTERLIME DURING
LAUNCH CONDITIONS

(NOT A STRINGENT LAUNCH
VEHICLE REQUIREMENT)

{MERTIA RATIO {(RATIO OF SPIN TO TRANS-
VERSE INERTIAS FOR LOMG DURATIGH
SPIN-STABILITY CONSIDERATIONS)

=110 =110

SPACECRAFT PRINCIPAL 5PIM AXIS PARAL-
LEL TO SPACECRAFT LONGITUDINAL CEN-
TERLIME DURING LAURCH CONDITIONS)

[NQ SPECIFIC BALANCE REQUIREMENTS ARE
STIPULATED BY LAUNCH VEHICLE REQUIREMENTS)

PRUMCIPAL SPIN AXIS 1IN THE XY ANMD KT
PLANE PARALLEL TO THE X-AXIS

<0.0035 RAGIAM (£0.20
OEGREE; (PRELIMIMNARY
ALLOCATICH) DURING
PROBE SEPARATION AND

<0 0035 RADIANM (50,20
DEGREE) (FRELIMINARY
ALLOCATION) DURING
WENUS ORBIT OPERA-

BUS REENTRY TICNS

Preferred Spacecraft Configurations for Version III
Science Payload and 1977/1978 Mission Launches

31w
[9 A/C 111 é A/C

The detailed weight breakdowns for the preferred probe and fanbeam,

_fanscan orbiter spacecraft configurations for Version LIl science payload
and 1977/1978 mission launches are presented in Figure 6-29A. Even
with the earlier estimate of Atlas/Centaur performance, sufficient
weight contingency margins exist for both configurations. For the probe
and orbiter 5p‘acecrafts the contingency margins are 124. 7 kg (275 1b) and
43. 2 kg (95. 2 1b), respectively. As a percentage of dry spacecraft weight
this represents a contingency factor of 19. 9 percent for the probe and
17. 1 percent for the orbiter, which exceed preliminary contingency analy-
ses requirements (Appendix AE) of an estimated 15, 8 percent for the probe

and 13. 2 percent for the orbiter,
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A\ DETAILED WEIGHT SUMMARY : ' B suMMARY oF SPACECRAFT/MASS PROPERTIES DURING VARIOUS FLIGHT CONDITIONS C COORDINATE REFERENCE AXES AND SYSTEM NOTATION SYSTEM
i PROBE SPACECRAFT
i : b 261,6 CM (193.0 IN.) DIA
WEIGHT ‘ WEIGHT 1 -
DESCRIPTION FROBE MISSION ORBITER MISSICN DESCRIPTION PROBE MISSION GRBITER MISSION 1 ENO. 2
(KG) (L8] (KG) (LB} (KG) (LB) (KG) LB} . SMALL PROAE NG. 2~ SMALL PROBE NO. 1
ELECTRICAL POWER 20.0 4.0 50.8 12.0 STRUC TURE {CONTINUED) ' |
SOLAR ARRAY ASSEMBLY (SIX PANELS) B.16 18.0 17.46 28. PLATFORM/COMPARTMENT ASSEMBLY 27,03 59.8 27.08 59.6 )
BATTERY 1.59 3.5 19.60 0.2 UPPER STRUTS (12) ' .59 5.7) {2.59) 5.7 HY pr——— 0524 RAD
POWER COMNTROL UNIT INCLUDING SHUNT 4.45 9.8 6,35 4.0 PLATFORM STRUTS (4) (1.68) @3.7) (1.68) @7 ‘ ‘ 0.201 RAD (11.5.DEG} (30 DEG)
CTRF/INVERTER 5.76 12.7 7.39 t4.3 VERTICALS (6} {1.81} (4.0 (3.81) (4.0) - - 87,5 CM (34,5 M)
COMMUNICATIONS 1.5 " 125 275 UPPER RING ASSEMBLY ‘ (2.54) {5.6) {2.54) {5.8) ’ CENTER OF GRAVITY MOMENTS OF INERT(A (! ] ARODUCTS QF INerTIAN e ) R
T ONSCAN PROCESSOR == = o s PLATFORM STRUT FITTINGS (6) ‘ (0.82) a8 ©.82) 0.8 CONDITION \ WEIGHT T ; | . 5 ; raniol! me (168.0 1N.) “LARGE PROAE
. ' PLATFORM ASSEMBLY (i5.60)  (34.8) (15.69) (34.6) ; KG)  (B) X Y C oz X Y z XY Xz YZ A, INERTIA
RECEIVERS (2) 4.90 10.8 2.3 5.2 . t - . . ] : KG- (WG| KO~ (SLUG | (KG-  (LYG [{KG- (LUG | KG- BLUG| (K- (LUG | 1/, /1 | PARAMETER s
TRAMSMITTER DRIVERS (2) 1.27 2.8 1.09 2.4 BRACKETS AND ATTACH HARDWARE _ {1.50) “.2) (1.90) #.2) b I L e e NS & - T~ oW BYE N N (RFVE St N VS St 1 R T X : +2 SMALL PROBE NG
POWER AMPLIFIERS () ) e o . o SOLAR ARRAY SUPPORT ASSEMBLY 5.90 14.0 5.1 12.8 i
™I 3.6 8.0 — — UPPER RING {1.64) (3.4) {1.55) @.4) PROBE MiSSION |
LOWER RING ' 1.8 . .81 4.0 L CEMTER OF GRAVITY
HYBRIDS (1/5) 0.05 0.1 0.23 . 0.5 (i.81) “.0 .81 .8 AETER BOQSTER SEFARATION: 7710 1700 {376 1329 0 o0 | 0 0 1409.3 301.9 | 3415 251.9|329.9 2433 O 0 [} 5.5 4.8 i AFTER LARGE PROBE
© DIPLEXERS (2) 1.95 4.3 1.95 4.3 STRUTS (18} : (2.45) {3.4) (z.45) (5.4) (MAGNETOMETER STOWED) (409.3) (301.9) | 344.5) (@54.1))(327.0) (241].2) (4.0 100 (.25)  (0.22) i SEPARATION 12,7 CM
) : i PROBE S5LPPORT AND RELEASE MECHANISMS (4) 8.08 17.7 —— - ' CENTER OF GRAVITY 15,0 IN.)
SWITCHES {4/5) 1.9 2.4 1.34 3.0 . AETER BOOSTER SEPARATION 771,10 1700 | 337.56  132.9 | 1.02 0,40 0,20 0,087 452,2 3335 | 343.2 253103712 2748 | -2.35 -1.73 -0.47-0.35| 4.1 10,4 AT SEPARATION
AMTENNA SUPPCRT ASSEMBLY — . 2,90 6.4 (MAGNETOMETER DE PLOYED (52,3036 | @372 @A G0 @i —— e T w3 G20 @26
FORWARD OMMI 0.14 0.3 0.14 0.3 e Bl ASSEME ) {1.220)
AFT OMNI 0.41 0.9 0.23 0.5 MAGNETOM MBLY +.22 9.3 4.2 9.3 AFTER MIDCOURSE i 761.6 167 | 37,8 133.0 | 1.02 0.40[ 0.20 ©.08] 449.7 331.7 | 3410 250.5|369.2 2733 ] 2.37 -1.75 -0.47-0.35| 141 104 o mnﬂ \\ - | .
MEDIUM GAIN ANTENNA 0.9l 20 o o PROPULSION SUPPORT ASSEMBLY . 2.27 5.0 2.27 5.0 . (MAGNETOMETER DEPLOYED) (449.9) (331.8) | (3352) (47.2875.0) (274.0) e Sr et 2000) | (1,34) 0,200 (0.26) U bES) ﬁ S / \35-3 CM (14,1 IN.)
FAN-BEAM ANTENMA ——- — 1.13 2.5 DAMPER [2/1) 2.72 4.0 2.7 6.0 PRIOR PROBE SEPARATION | 761.6 167903378 12330 0 o | o 0 [408.5 300.1 | 3305 23004 (3273 e o B | 0 0 | 65 4.8 ] T 119.6 Cht
FANSCAN ANTENNA o 0.45 o FORWARD OMNI SUPPORT 0.23 0.5 — — (MAGNETOMETER STOWED) ! {406.9){300.1) | (362.2) (@52.5)[(325.0) (234.7) =240 | (.9 (.23 .22 Becm 3.8 CM (14.5IN.) - 112-6 CM,
. ) A 5 . , ; (32.9 IN.) 53,3 CM tiN-
RF COAX AND CONNECTORS 1 13 2.5 1.3 3.0 FT OMNI SUPPORT 0.8 1.5 0.2 0.5 AFTER LARGE PROBE SEPARATION  [450.0 992 (3073 1216 o o | o o |ass.0 2825 | 2170 1607|2062 151 o 0o | o o |65 48 21.01N} 34,3 CM (13,5 IN.) %
MEDIUM GAIN ANTENNA SUBPORT 0.23 0.5 ——- — {MAGNETOMETER STOWED) | (383.0) 282.5) | @20.%) (:62.300202.4) (154.0) 24.0° |07y a.ee| (0.8 SEPARATION r :
ELECTRICAL DISTRIBUTION 15.5 34,1 15.8 34.5 SCIENCE SUPPORT BRACKETRY 1.3 1.0 1.3 10 | PLANE w
T M AnD DISTBUTION UNIT Y = o5 s : . . . : AFTER FIRST SMALL PROGE SEF. 0.6 817 | 3073 121.0 [16.00 6.29] 922 3.63| 2981 2199 [ 1912 1m.0f143.2 0ds| o 0 | & o |29 -ma REF STA 254.0 CM __.95.9CM  pi
. . - ' NM/IM SPECTROMETER SUPPORTS {2} (MAGMETOMETER STOWED) | (298.1)(219.9) | 201.7) (148.8)(132.8) (97.8} @3.1°) | (1.48) {2.25)| (0.77 (1500 M) @775 1M.)
HARMESS AMD CONMNECTORS 11.34 25,0 11,34 23.0 EQUIPMENT TIE-DOWN AND INTEGRATION HARDWARE ' ' =—213.9 CM (B5.0 IM.)—s=]
! AFTER SECOND SMALL PROBESEP, |291.2 642 [307.3 121.0| © 0 |23.47 9.24{222.5 164 | 1566 114.0| 991 71| o ol o o [ a5 sz
DATA HANDLING 3.9 8.5 12.5 27.5 BALANCE WEIGHT PROVISION (MAGMETCMETER STOWED) (222.5)(164.1) | (155.4) (1deel 98.3) ¢3) 6.6 |43 @2e)]  (0.74)
DIGITAL TELEMETRY UNIT .08 6.8 3.0 S [ S —— AFTER THIRD SMALL PROBE SEF, {2091 461 [307.3 1210 0 o | & b |1&5.5 1221 | 1017 75.0) s0.6  eda | o ol o o | 65 4= ORBITER SPACECRAFT
DIGITAL DECCDER UNIT (2) 0.77 1.7 . 0.77 1.7 o SPACECRAFT BUS LESS SCIENCE (DRY} (MAGNETOMETER STOWED ) NeEH 02 [aodls (7o) 672 @dla) 2400 [osey aso| 0.7
DATA STORAGE UNIT (3) — - 8.4 19.0 ' ' [=—261.6 CM (103.0iN.) DIA
—————————————————————————— END OF LiFE 209,01 48l [307.3 121,0 [ 3.71 1,46 076 0.30)208.3 1536 | waa zez{ima edz | o el o o {141 o4
ATTITUDE CONTROL 2.7 6.9 2.7 6.0 SCIEMCE INSTRUMEMTS (MAGMNETOMETER DEPLOYED) (208.3) 153.6) | 87.3) (11.8H0136.9) (10130} (22.6°) | {2.14) (.32) (0.77}
—— . —— —— —_— — ———— e . i
CONTROL ELECTRONICS ASSEMBLY 2.31 51 2.3 5.1 NEUTRAL MASS SPECTROMETER ORBITER MISSION y
v . — b I
SUN SENSOR ASSEMBLY (2) 0.41 0.9 0.41 0.5 ION MASS SPECTROMETER . : ALTIMETER
) i L ECTRON TEMPERATURE PROBE AFTER BOOSTER SEPARATION ( 454 se0 |30k 1207 0 0 [0 o |2m.e ise2 [1310 9e7iiare iode| a o | o o ! 7z 53 LT3
PROPULSION (DRY] 6.9 15.3 6.9 15.3 cEncE (MAGMETOMETER STOWED}) : @11.8)(156.2) [ {127.4)  (4.0)i44.7} (cel7) (-27.7) | (1.66) (1.46)| (0.55) ANTENNA
—_— - = - - UV ELUORE ]
FROPELLANT TANK ASSEMBLY {3) 3.3 6.7 a.13 6.9 MAGNETOMETER AFTER BOOSTER SEPARATION 4354 960 |306.6 1207 | 1.78 0.70| 0.36 0.14]25¢.6 1878 11327 s7.9limnz 1ada| o 6| o o 0.5 0.4 MAGNET OMETER -
THRUSTER ASSEMBLY (8) 2,18 48 2.18 4.8 (MAGNETOMETER DEPLOYED) 25,6y (187.8) 1 (132.7) 790822 (134.4) ©.69) (.52 0.40)]  (0.50) N
s o UV SPECTROMETER ; oy -
FILTER 18 0.4 .18 0.4 . RADIOMETER AFTER MIDTOURSE k 4295 947 |306.6 1207 | 1.80 0.71] 0.3 0.14] 253.0 1866 {1310 wr.alimna 3ds | o e | o @ 0.5 0.4 :
PRESSLRE TRANSDUCER 018 04 0.18 0.4 b i {MAG METOMETER DEPLOYED (253.0) (1B6.6) | (131.9)  (7.3[(181.4) (133,8) Cooee |0 0.9 (0.sD) Ly
LTIMET ‘
FILL AND DRAIN VALVE ASSEMBLY 0.18 0.4 0.18 aa [ Matmes oo oo PRIOR VENUS ORBIT INSERTION  429.5 947 [306.6 120.71 0 © | 0 0 |210.1 155.0 | 1303 96,1 )140.2 134 | 0 o | o o | 72 -53 ‘ \,-
M, - '
PROPELLA NT LINES AND MISCELLAMECUS 1.09 2.4 1.08 2.4 o SPACECRAET BUS {DRY) - {(MAGNETOMETER STOWED ) 4 21010 (155.0) | 026.6)  ©3.4)143.5) (105 1) 7 27.7) (1,68 (.46) (0.58) 2.7 SN
COLID IMSER . o . w7 T N A AFTER VEMUS ORBIT INSERTIOM (3035 669 13066 1207 0 o | 0o o |[2000 1505|1242 9sf1m0 wds| o ol o o | -rn2 53 . (DEPLOYED
OLID INSERTION MOTOR BURHOUT) = i 1.7 AL (MAGNETOMETER STOWED) | (204.0) (150.5} | 120.4)  (@BB(137.7) (101[6) 27,79 | (.69)  (1.48)]  (p.58) ’
THERMAL CONTROL 15.5 34.3 20.2 .5 FROBES WITHOUT CONTINGENCY) +Z
THERMAL € ONTROL 125 4.3 2.2 et LARGHE PROBE . AFTER VEMUS ORBIT INSERTION  [303.5  669 1 30s,6  120.7 | 2.57 1.0 0.51 0.20|246.8 182.0 | 125.7 92.7{175.2 |z | © o | o o 0.5 0.4 : X
INSULATION ASSEMBLY 10,02 2.3 8.12 17.9 X {(MAGNETGMETER DEPLOYED) (246.8)(182.0) [ (125.7) @2.700175.2) nasld) .67 1198 (.41 (.63
FORWARD CLOSURE ASSEMBLY 1.0 2.4 1.32 2.9 SMALL PROBES () : \ : . |
————————————————————— I END OF LIFE j 205.7 652 | 3046 120,7 | 2,62 1.03| 0.53 0.21|244.9 806 | 1247  w2.0f17az zs| o o | o o 0.5 0.4 CENTER OF GRAVITY
SIDE CLOSURE ASSEMBLY 0.54 1.2 0.54 1.2 o SPACECRAFT (DRY) (MAGNETOMETER DEPLOYED) (244.9){180.6) [ (124.7)  (2.m(174.2) (2w s) 0.80) 098 (.40 (©.62)
LOUVER ASSEMBLY {37 SQUARE FEET) 1.77 3.9 413 s | L_° o 'E ]
THERMAL FiN-TRANSMITTER 0.68 1.5 .7 10.4 PROPELLANTS AND PRESSURANT 15.4 0.5 0.3 309.4 NOTE: {1} VALUES IN PAR’E:NTHESES ARE REFEREMCED RELATIVE TG THE PRIMCIPAL AXES, 7 '
HEATERS, ISOLATORS, PAINT, ETC, 1.3 3.0 1.3 3.0 INSERTION PROPELLANT AND EXPENDED INERTS — — V26,10 278.0 1 el £ -iz\] ©*0 /\
STRUCTURE 79.6 175.5 73,4 161.8 HYDRAZINE PROPELLANT 18.10 9.9 12,97 30.8 (@) INERTIA PARAMETER, A = |{ =) { T 0,332 RAD I
CENTRAL TYLINDER ASSEMBLY 20.82 459 22.77 50.2 NITROGEN PRESSURANT 0.27 0.6 0.27 0.6 Y z {13 DEG) e li:M) 193.7 CM
UPPER RING @ {8.8) 2.94) CRONEEE B et uup vt Attt Ml y , ‘ L B0.3IN.)
CYLINDER AND LOWER FRUSTUM (8.21) (181} {2.08) (7.8} » SPACECRAFT LESS CONTINGENCY b46.4 1424.9 392.2 Bed. 8 : : ' ” 36.5 CM (14,5 IN.)
PLATFORM SUPPORT RING (1.54) {3.4) {1.54) @.4) ““*““"“'“““""""““““"‘"‘; ““““ 52.6 CM (20,7 IN.) 1
SEPARATION RING (6.62) {14.8) (6.62)  (14.8) CONTINGENCY {MET ALLOWABLE) 124.7 751 43,2 95.2 sepArATION st | — | _ |uscmpssing
HOTOR MOUNTING RING i o .95 P (PERCENT OF DRY SPACECRAFT WEIGHT) {i9.5} (7.1} REF SrAUION PLAL J !
----------------------------------------------- {100.0 1N e 95,9 CM (7.75 IN.) DIA
ATTACH HARDWARE (0.48) 01.0) (0.68) (1.5) « GROSS SPACECRAFT AFTER SEPARATION 71.) 1700.0 435.4 260,0 ' ’
A 1700 Ba.s 70,9 : 2139 CM (85,0 IN.) DlA>]
)
) Figure 6-2%. Preferred Fanbeam, Fanscan Atias/Centaur Spacecraft Mass v
Properties Summary far Version 111 Science Payioad and
| 1977/1978 Mission Launches
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i}NC 11 Spacecraft mass properties characteristics for various flight condi-
tions are summarized in Figure 6-29B and are based on the coordinate

reference axes and notation systems presented in Figure 6-29C.

The inertia parameters (A) for the probe spacecraft before probe
separation range in value between 0. 22 and 0, 26, and during and after
. probe separation between 0. 72 and 0. 81. For the orbiter spacecraft the

N\ value ranges between 0. 55 and 0. 63.

To minimize principal spin-axis misalignment during asymmetric
separation of the small probes and/or deployment of scientific sensors,
the same mass properties control philosophy as discussed earlier in this
section is followed. A principal spin-axis misalignment of ~0. 023 radian
(~1. 3 degrees) occurs during transit conditions for the probe bus when the
magnetometer sensor is deployed. However, during sequenced small probe
separation and experience deployment before bus entry into Venus, there
is no principal axis tilt., All separations and deployments occur in the

longitudinal center-of-gravity plane, eliminating products of inertia,

Similarly, for the Atlas/Centaur orbiter mission, all experiment
deployments are in the longitudinal center-of-gravity plane of the space-
craft, eliminating principal axis misalignments caused by sensor
deployments, |

The mass properties control limits are imposed by the spacecraft
operational considerations. A preliminary principal spin-axis uncer-

talnty allocation of 0. 0035 radian (0.20 degree) for the orbiter and probe

spacecraft during pfobe separation and bus entry is currently assumed.

Figure 6-29B summarizes details relative to the principal axis

orientation.

l P— C Il
Optional Orbiter Configurations for Version III a 121’(: m
Science Payload AJC I

A weight summary comparing the three optional orbiter configura-

tions relative to the 36-watt fanbeam, fanscan configuration is presented
in Table 6-17. The net allowable contingency for each of the optional

configurations exceeds the currently estimated contingency requirement
factor of 13. 2 percent. As mentioned previously, a preliminary contin-

gency analysis (Appendix 6E) was conducted.
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Table 6-17, Atlas/Centaur Optional Orbiter Configuration Weight
Comparison Summary, Version III Science Payload

E W 12w p
DESCRIPTICH / . A/c Tl

IKG (LBY] [KG (LB]] [KG (LR)] [KG (LB)]
ELECTRICAL POWER 50.8 (112,00 | 357 (78.6) | 35.7 (78.8) | 40.8  (89.9)
COMMUNICATIONS 12.5  (27.5) 11,8 (25,9 15,7 (34.5) 12,7 (27,9
ELECTRICAL DISTRIBUTICM 15.8  {M4.8) ] 15.8 (34.8) 158 (34.8) [ 15.8 (34,8
DATA HANDLING 12,5 i27.5) 2.5 (@S| 25 @73 ] 1250 (22.5)
ATTITUDE COMTROL 2.7 16.0} 2.7 {6.0) 2.7 6.0 | 2.8 (8.3
PROPULSION {DRY) . 5.9 (15,3 6.9 (15,3) 6.9 (15.3) 6.9 {153
SOLID INSERTION MOTOR (BURNOUT) 8.7 @1 187 @, | 187 @#0) 18,7 41,1)
THERMAL CONTROL : 20,2 (44,5) 5.0 (33,00 | 150 3.0 15.0 (3.0
STRUCTURE ' 73.4  (161.8) | 73.0 (161.1) | 75.4 (166.4) | 72.0 (158.8)
BALANCE WEIGHT PROVISION 5.4 (17,0 5.4 (2,0 5.4 (12.00 5.4 02,0
SPACECRAFT BUS LESS 5CIENCE (DRY) 218.9  (482.5) | 197.5 (435.3) | 208.8 (44%.2) | 212.6 [468.4)
SCIENTIFIC INSTRUMENTS 33,0 (729 | 3.0 (729 | 3]0 FLe | 3B.0 (7.9
SPACECRAFT (DRY) 51,7 (555.4) | 230.5  (508.2)°| 2368 (22.0) | 2456 [541.5)
INSERTIOM MOTOR EXPENDABLES 126,01 (278,00 | 1261 (278.0) | 126.1  (278.0) | 126.1 (278,03
HYDRAZINE PROPELLANT AND PRESSURANT 14,2 131.4) 4.2 (31,4) 14,7 (31,4} M2 and
SPACECRAFT LESS CONTINGENGCY 392.2  (B¢4.8) | I70.8 (837.4) | 377.) (831.5) | 385.% {850.9)
CONTINGENCY {NET ALLOWABLE) 43.2 952y | 46 (42,4 | 583 (178.5) | 495 (109.1)

(PERCENT OF DRY SPACECRAFT WEIGHT} (17.1%) (28.0°%) (24, 6%) © T D,1%)
GROSS SPACECRAFT AFTER SEPARATION 435.4  (960.0) | 435.4  (940.0) | 435.4 (960.0) | 435.4  (P60.1)

All the optional configurations are spin-stable and the same mass
properties control considerations as the preferred configuration apply.
The detailed mass properties for the optional configurations are sum-

marized in Appendix 6F.

6.2.1.4 Electrwal Demgn Concept (Atlas /Centaur) @A/C v [B;-NC v

The preferred electrical design emphasizes:

¢ Extensive use of existing, flight-proven hardware, particularly
components derived from the Pioneer 10 and 11 Program

o Compat1b1l1ty with either the 26~ or 64-meter deep space statlon
networks

® Maximum hardware commonality among the orbiter, probe bus,

and probes to minimize overall program costs,

A summary of the major parameters characterizing the preferred
Atlas/Centaur configuration is given in Table 6-18. A block diagram for
the preferred probe bus spacet:raft, depicting the functional relationships
between the subsystems, experiments, and probes, is shown in Fig-
ure 6-30. The equivalent diagram for the orbiter spacecraft is giveﬁ in
Figure 6-31, . More detailed descriptions of the features, charécteristics,
and performance of the preferred configuration (summarized in this sec-

tion} are provided in Section 8,
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Tahle 6~18.

[EA/c v [B>A/c v

Atlas/Centaur Preferred Configuration Parameter Summary

PARAMETER

PROBE BUS

ORBITER

ECIENCE PAYLOAD COMPLEMEMNT
WEIGHT

POWER
SPIN RAIE

ELECTRICAL POWER
SOLAR POWER (NEAR EARTH)
SOLAR FOWER (NEAR YENUS}

BATTERY
TYPE
CAPACITY
REACTION COQMTRGL 5YSTEM
CAPASILITY
MONOPROPELLAMT HYDRAZINE
THRUSTERS
AY CAPABILITY (MIDCQURSE}

ORBIT INSERTIOMN MOTOR
MAXIMUM THRUST
DELIVERED IMPULSE

COMMUNICATIONS (TELEMETRY}
FREQUEMNCY
RF POWER
ANTENNA
DATA RATE

COMMUNICATIONS ([COMMARD)
FREQUENCY
BIT RATE
DATA HANDLING
DATA RATES
DATA STORAGE

ATTITUDE CORTROL
POINTING ACCURACY

12.0KG
21,5W

0.53 RAD/S, NOMIMAL

1.05 TO 2,10 RAD/S, PROBE
RELEASE

a1 W
rw

SILVER-ZINC
1.94 x 10% J {540 WH)

16.7 KG

48N

22 MY/'S

M/A

/A

N/A

PCM/PSK/PM

2.295 GHZ

6 W

1.5-M DISH (28 DBI)
1024 BITS/S - BUS ENTRY
(64-METER GROUND ANTEMMNA}
PCM/FSK/PM

2,115 GHZ

1 BIT/S

B TO 1024 BITS/S
NONE

<{,017 RAD (<1 DEG)

3#.5 KG
87,5 W

0.53 RAD/S, MOMINAL
5.3 RAD/S ORBIT INSERTION

100W {160.1 GIGAMETERS)
225 W (PEAK}

NICKEL-C ADMIUM
1.24 5 10% 5 (346 WH)

15.1 KG

4.5 N

16 M5

AERO JET SYM-2

21 300 M

345 Q50 N-5

PC A/ PSK/PM

2,295 GHZ

4w

HORM (15.5 DBI)

64 BITS/S = END OF MIS5iOM
(26-METER GROUMND AMTEMNA}
PCM/FSK/PM

21153 GHZ

1 BITAS

8 TO 1024 BITS/S
1.23 MEGABITS

<0.017 RAD {1 DEG)

ATTHUDE DETERMINATION SUN ASPECT SENSOR, DOPPLER

COMSCAN, SUN ASPECT SENSQR,
MODULATION/SHIFT

DOPPLER MODULATION/SHIFT
SPACECRAFT WEIGHT

782 KG (INCLUDING PROBES) SITKG

Electrical Power

A 0.393-radian({22.5-degree} conical solar array was selected to
provide a relatively constant power ‘c‘)utput with varying sun aspect angles
(see Figure 6~32) over the forward hemisphere of the spacecraft for both
missions., This design concept offers operational flexibility by permitting
leisurely execution of midcourse maneuvers and the probe release se-
quence independent of battery capacity. A net weight savings is realized
for the probe bus because a smaller (lighter weight) battery is adequate,
and because the conical array allows solar heating of the large probe,
eliminating the need for heaters and attendant increased solar array area.
A small weight penalty is incurred for the orbiter because of the taller
array, but this is more than compensated for by the high-gain antenna

weight savings associated with an earth~pointer,
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B A/C IV

e e T

r------ T it e 3 T J a2 1.1.7].]
1 COMMUNICATIONS . - COMMAJW TELEMETRY H
] 11 {ECOMMAND T . - :
: @ COMMAND : : 4 o DISCRETE COMMANDS ]
ol 1 l—
1 ] TRAMSFER TOMES - BIGITAL COMMAND DATA 1 PROBE
1 SWITCH — DECODER H ENCLOSURE
DIPLEXER RECEIVER {A) 1 UNT COMMAND DATA ' RELEA SE
= 1 : — ) SIGNAL CONDITIONING H ORDNANCE
M 1 TELEMETRY 4 . -
COMMAND LARGE PROBE SERIAL COMMANDS )
: Q’EN' CommANS : : | SRiBUTIoN SMALL PROBE NG. | SERIAL COMMANDS 1
1 COMMAMD  TELEMETRY 1 TG TAL P I::) : 1 PROBE
1 TELEMETRY . 1 ! d DECODER SMALL PROBE NO. 7 SERIAL COMMANDS 1 > gﬁ\m CUTTER
RONANCE
: ) | i : > %r;m s E) SMALL PROBE NO. 1 SERIAL COMMANDS :
[ ]
i . 1 '] ACs SERIAL COMMANDS i
i RECEIVER (3) : 1 ﬂ} ks * i
1 1 COMMAMND 1 PROBE
(- 5 DTU SERIAL COMMANDS 1 o] sEraraTion
: ' [ ] TELEMETRY ORDMNANCE
l ggh/ﬂ%f:ND : L-—------------------ll--- ---_----------------.l-llll-l-J
5
1 : : DATA HANDLING H
i S-BAND . 1 '
1 POWER TRAMSMITTER i | ¥ DIGITAL DATA 1 .
H AMPLIFIER (A} CRIVER (a) pcmspsk g '
H FORWARD 1 : DIGITAL DATA :
OMNI
1 + G : i DIGITAL DATA :
I DIGITAL
H gmrcs:m %PES“ DIPLEXER gm;«éﬁsk COMMAND ; COMMAND  TELEMETRY 1 : JELETMETRY DIGITAL DATA . i
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Probe Bus Functional Block Diagram, Preferred

AtlasiCentaur Configuration
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Figure 6-31. Orbiter Functional Block Diagram, Preferred
AtlasiCentaur Configuration
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A silver-zinc (Ag-Zn) battery is recommended for the probe bus

because of its superlor energy density characteristic and the limited dis-

charge requirements (principally launch loads) of the probe m1ss1on.

Moreover, the proposed battery cells are identical to those recommended

for use in the small probe batteries, thereby maximizing commonality,

In addition to launch loads, the be.ttery requirements fof the orbiter

‘mission include supporting spacecraft loads during periodic solar eclipses

during the orbit phase of the mission.

low cost

and flight-proven experience.

Nickelec‘admium (Ni-Cd) batteries
' are characterized by predictable cycle hfe at h1gh depths of d1scharge,

Coupled with the relaxed Ploneer

Venus magnetic requirements (compared to Pioneers 10 and 11), a N1 Cd

battery was selected for the orbiter.

0

Power control is ach1eved using. the bus voltage control techmque ‘

proven on Pioneers 10 and 11,
and central transformer-rectifier-filter agsemblies derived from Pioneers
Modest modi-

10 and 11 provide the most cost-effective implementation,

The power control‘unlt {PCU)}, inverters,

fications, including battei'y charge/discharge-controls, bus filter/

telemetry/command slices,

and adaptation to 28 VDC input, are requ.ired

to adapt the existing designs to the Pioneer Venus requirements, A

detailed discussion of these modifications is provided in Section 8. 1.4.4,

Comimunications

The probe bus achieves near-spherical uplink and downlink coverage’

throughout launch, cruise, and midcourse maneuvers via forward and aft

log conical spiral antennas.

6-63

The aft horn antenna is used during the latter
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portion of the cruise phase when the bus is earth-pointing and also during
atmosphere entry where greater link gain is required to accommodate the
high doppler and doppler rates. Figure 6-33 depicts the approximate

antenna pattern coverage provided by this antenna arrangement,

GAIN (DB
D RAD (0 DEG)

>

20—

r/2 RAD
(90 DEG)

TRAD {180 DEG}

figure §-33. Probe Bus Antanna Paltern Coverage

Standby redundant solid-state power amplifiers, coupled to the
appropriate antenna, provide sufficient downlink effective isotropic
radiated power (EIRP) to support routine tracking and telemetry data

acquisition operations with the 26-meter deep space station antenna.

Cross-strapped receivers and transmitter drivers provide reliable
two-way coherent doppler for precision tracking, incorporating the fail-
safe provisions of the Pioneer 10 and 11 design. The residual units (proto-
types, spare, qualification} from the Pioneer 10 and 11 Program offer a

considerable cost savings to Pioneer Venus, if made available, and are
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compatible with the probe bus configuration; the orbiter requires an X-band
coherent drive output, not available on the existing receiver. The Viking
transponder is a qualified assembly which closely matches the require-
ments for this application and is our orbiter baseline selection as well as
for the probe bus if Pioneer 10 'and 11 equipment is not made available.
Maximum commonality is achieved by equipping the probes with the same

transponder (small probes use driver only),

In addition to the three antennas discussed above for the probe bus,
the preferred orbiter configuration includes a 1, 5-meter dish to provide
high;rate telemetry data at extended ranges and an X-band horn for use
with the occultation experiment. The S-band horﬁ is used for all TT&C
operations when the spacecraft aft end is facing earth (approximately
L.+ 108 days to L + 237 days) and supports the dual-frequency occultation
experiment. Communications during the orbit insertion maneuver use the
forward omni in conjunction with the 64 -meter ground station antenna.
Figure 6-34 illustratés the approximate antenna pattern coverage afforded

by this antenna complement.

The remainder of the communication subsystem configuration is
identical to that recommended for the probe bus with the exception of the
switching/diplexing network required to interconnect the additional S-band

antenna.

The six-watt power amplifier, coupled with the 1,5-meter disil, pro-
vides adequate downlink EIRP to support a data rate of 64 bits/s at the
maximum ré,nge [254.32 gigameters (1.7 AU)] with a 26-meter deep space
station. This rate permits reading out all the stored data within a period |
of 10 hours. Figure 6-35 graphically depicts the t‘elemetry rate capability

overlayed on a plot of the orbiter mission trajectory.

Data Handling and Command

The Pioneer 10 and 11 digital telemetry unit (DTU) has been selected
for both the probe bus and orbiter applications because it fulfills or sur-
passes the Pioneer Venus requirements with minor modifications, These
modifications are summatrized as follows:

® Incorporation of a two-level modulation output (selectable by

“ground command) to permit downlink modulation index
optimization
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Figure 6-34. Orbiter Antenna Pattern Coverage

® Reduction of lowest available bit rate from 16 to 8 bits/s

¢ Provision for 10-bit resolution for A/D conversion of analog
scientific housekeeping data

® Increase frame length from 192 to 768 bits/s
¢ Accommodation of analog inputs in the main frame
¢ Increase number of science formats from two to four.

Storage of instrument data is required only on the orbiter. The
selected C-MOS solid-state memory, with a capacity of 1.23 million bits,
is comprised of five data storage units (DSU), each containing two modules
of 122 880 bits each. The storage capability is required throughout the

orbit phase of the mission to store data for delayed transmission when the
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{18 . END OF MISSION
(25 JULY 1979
64 BITS/S )
128 BITS /S
THE PIONEER VENUS ORBITER TRAJECTORY 15 SHOWN ON VENUS AT LAUNCH/_

AM EARTH-CENTERED COORDIMATE SYSTEM WITH THE (26 mAY 1978)
EARTH=5UN LINE FIXED, RELATIVE POSITION OF THE
VEHICLE WITH RESPECT TQO VENUS IS SHOWN IN 20-DAY
INCREMENTS OVER THE 425-DAY MISSION,

COMMUNICATION RANGE |$ MEASURED RADIALLY FROM 20 DAYS
EARTH QN A LINEAR SCALE, THE CONCENTRIC CIRCLES
CEMNTERED ON EARTH INDICATE THE MAXIMUM TELEMWE TRY
BIT RATE CAPABILITY AT THAT RANGE, ASSUMING DATA

RAMGE (AU)

256 BITS/S

ACQUISITION WITH A 25-METER DEEP SPACE STATIOM, 300
THE 26-METER DEEP SPACE STATION METWORK CAMN

SUPPORT THE MAXIMUM SPACECRAFT BIT RATE (54 BITS/S)

THROUGHOUT THE MISSION. + 0.8 280

512 BITS/S
TELEMETRY RATES 1DENTIFIED WITH AN ASTERISK ARE

ACHIEVED WITH THE HORN ANTENNA DURING THE PERIOD
L+108 TO L+237 DAYS WHEN THE AFT END OF THE
SPACECRAFT FACES EARTH., THE PARABOLIC REFLECTOR
ANTERBNA 1S USED DURING ALL OTHER PHASES OF THE
MISSION.

20
*128 BITS/S 240

220

L 0.4
200
160 YOI
12/12,/78
~ 9.2 180
*512 BiTs/s

T

Figure 6-35. Hefiocentric Plan View of Pioneer Venus Ohiter Trajectory Showling Telemetry Bit Rate Capability

spacecraft is occulted by Venus and to buffer scientific data a.cqui.l.'ed atl
rates exceeding the prevailing telemetry capability. This in-line function,
therefore, requires redundancy. In the event of a DSU failure the system
can be reconfigured, by ground command, to access the desired input/
output data. Conventional types of data storage do not permit the 1nput/
output flexibility offered by this des1gn concept,

The command memory function, providing the spacecraft with the
capability for storing commands for execution at a later time, has been
expanded from that provided in Pioneers 10 and 11. The command memory
in the command distribution unit (CDU) has been increased from five stored
commands and their associated time delays to a dual system wifh a capacity

of 16 commands. Moreover, the resolution of each incremented time
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delay has been significantly increased. The proposed design has 2 seconds
uncertainty after an elapsed period of 36 hours, well in excess of the

10-second accuracy required to satisfy orbit insertion timing precision.

This discrete command storage feature simplifies and increases
flexibility of other ground operating procedures such as the probe release
sequence and instrument operating mode sequencing during routing orbiter

data acquisition.

Attitude Determination and Control

The preferred attitude determination and control subsystem (ADCS)
configuration uses equipment developed for the Pioneer 10 and 11 and
Intelsat III programs, with minimum modifications. The Pioneer 10 and 11
control electronics assembly (CEA) is directly applicable to all Pioneer
Venus mission functions and centralizes all ADCS subsystem interfaces,
thus providing maximum commonality with other subsystems and com-
penents derived from Pioneer designs, Modifications required include
1} the deletion of star sensor logic, and 2) the addition of suﬂ sensor elec-

tronics, stored command capabilities, and drivers for additional thrusters.

Attitude determination for both missions is obtained via a combina-
tion of earth aspect angle and sun aspect angle measurement. A third mea-
surement provides roll reference, The Intelsat IIT sun sensor is recom-
mended to provide both a roll reference and a measurement of the sun-spin
axis aspect angle. The only required modification to this unit is a change
to a V-type slit geometry, accomplished by a simple change in the mask

used.

The doppler modulation/

S5PIN
AKIS
> shift method, successfully used

/\ on Pioneers 10 and 11, is the

| - %_ preferred method for probe bus
N b earth aspect angle estimation.

_J L3
AT / % Figure 6-36 illustrates the con-
=] J cept. The earth aspect angle
TO EARTH d
L can be determined from changes
TO EARTH to the signal frequency induced

Figure 6-3. Doppler Modulation/Shilt Tehcnique for Attitude Determination ~ PY an offset antenna on the
spinning spacecraft. Attitude
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determination accuracy is a function of sun-spacecraft-earth geometry,
since uniquenéSs is lost when the sun and earth vectors coincide. For the
probe mission, the sun-spacecraft-earth geometry allows attitude deter-
mination to accuracies well within requirements for all critical events.
Periodic attitude adjustments to maintain illumination of the earth with the

horn antenna may be performed using open-loop precession maneuvers,

The orbiter attitude determination is obtained by a combination of the
doppler modulation/shift method and the conscan concept used on Pioneers
10 andpii. The latter is based on the
amplitude modulation of the uplink RF
signal produced by a pointing error
when the antenna boresight is tilted
with respect to the spin axis. A por-
tion of the antenna pattérn is empha-

sized in Figure 6-37 to represent the

range of antenna gain swept through

Figure -37. Conscan Method for Attitude Determination

during a 5pin cycle as a consequence
of the pointing error, Q- Conscan
provides a simple space-proven technique for determining and maintaining
accurate earth pointing and is far less complex (and costly) than a star

mapper.

The principal advantages of the conscan approach are its good atti-
tude determination accuracy and the operational simplicity attained when
it is used for automatic earth-pointing precession maneuvers. Its applica-
tion to the probe bus, however, is not justified for the modest accuracy

improvement obtainable,
Propulsion

The propulsion subsystem consists of the reaction control system
(RCS) and the orbit insertion motor (orbiter only}.. The minimal cost
approach emphasizes use of existing hardware which has been previously
qualified to levels exceeding FPioneer Venus mission requirements, No

development costs and only minimal testing are required.

The RCS uses a monopropellant hydrazine blowdown pressurization
scheme similar to Pioneers 10 and 11, Hydrazine propellant is the logical

choice since other systems require excessive electrical power (heated
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a.rnmoniai or are far too heavy (cold nitrogen) for the required mission
specific impulse. The blowdown system is the lightest, most reliable,

and least costly system. Three propellant tanks derived from the DSCS-II
Program are cost-effective contenders suitable for both missions while
providing some margin for growth. Blowdown pressurization and cen-
trifugal force for propellant positioning and expulsion eliminate the need
for a bladder and the associated regulators and pressurization components.
Common pressurant and propellant lines ensure equal propellant in the

three tanks to maintain spacecraft balance.

Eight thrusters (four axial for large AV's) are proposed to ensure
mission success in the event of a single thruster failure and to avoid
coning angle amplification during AV maneuvers, The selected thruster
is being developed for the FLTSATCOM Program from a dual, isotope-
heated unit used on Pioneers 10 and 11, The only modifications are the
mechanical coupling of the valve and decomposition chamber and the
removal of the isotope heating elements. Moreover, hydrazine thruster
impulse repeatability, following initial calibration, is proven and accu-

rate (<3 percent),

The recommended orbit insertion motor is the Aerojet solid-
propellant SVM-2 which has been previously used on the Intelsat III Pro-
gram, A 10 percent off-loading of the design propellant load meets the
Pioneer Venus deboost requirements without redesign, requalification, or
other critical limitations. This selection affords a more reliable, less
expensive, although somewhat heavier, system approach than can be
obtained from existing bipropellant systems such as ESRO Symphonie or
Mariner '71. :

Thermal Control

The major thermal control subsystem features include a developed
louver assembly, passive thermal coatings, and multilayer insulation
blankets to maintain components within temperature ranges to which they
have previously been qualified. The equipment compartment is insulated
from the extreme heat influx with aluminized mylar and kapton blankets,
Adequate warmth is provided by dissipation of electrical power by elec-
tronic components within the compartment; louvers regulate the release of
this heat below the mounting: platform, maintaining temperatures in the
vicinity of the spacecraft equipment and scientific ingstruments within

operating limits, =70
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Dual thermostatically controlled heaters for the thruster valves and
catalytic beds, with backup ground commands, prevent the hydrazine from
freezing., The equipment compartment is maintained above 3°C (40°F) to

eliminate propellant line and tank heaters.

The probe bus solar aspect angle is controlled to maintain accept-
able temperatures on the large probe, thereby ﬁvoiding the need for a
probe heater and controls, jettisonable cover, or both, with the attgndant
impact on weight, power, and dynamics. With this approach, the internal
probe tefnpe_rature exceeds 15°C (60°F), the de(sirable lower battery
operating temperature at the time of probe release. Insulated jettispnable
panels around each of the small probes maintain acceptable probe tempera-

tures during transit.

Aluminized kapton insulation is used in the orbiter to maintain
acceptable solid rocket motor compartment temperatures during transit,
A jettisonable insulated motor nozzle cap keeps the motor within acceptable

temperatures before firing.

FElectrical Distribution and Grounding_~

Figures 6-38 and 6-39 Bhbw the electrical distribution diagrams for
the probe bus and the orbiter, respectively. The system uses fuses
between the power source and loads for primary DC power fault isolation.
Secondary DC power fault isolation is achieved using current limiting
(150 percent of nominal load} on the DC outputs of the CTRF, as was done
on Pioneers 10 and 11.

Equipment Derivation/Status

Table 6-19 summarizes the equipment complement (unit level) for
the probe bus 'and orbiter spacecraft. The subsystem elements are identi-
fied by the categories of 1) flight-proven, 2} developed, or 3} new, Their

previous program derivation is also given.

Two significant factors are noted. First, extensive commonality
hetween probe bus and orbiter equipment is achieved, as evidenced by the
multiple entries in the applications coclumn. Secondly, the majority of
equipment is flight-proven and requires only minor modifications for the
_Pioneer‘ Venus Program. Equally important is the fact that the {.5-meter
dish, silver-zinc battery, and data storage unit, while identified ag new
designs, are all based on technology well within the present state of the

art, 6-71
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Figure 6-38, Altas/Centaur Probe Bus Electrical Distribution Diagram

6-73

———— e —_—— e —— e e ———— e — — — —————— e —— — — — — — — 4
- o T T T T T o - - . - L e ———— e ——— - -1
S —— ] b — ——— -
- |AT‘[ITUDE CONTROL COMNTROL ELEC TRONICS ASSEMBLY [CLA) | ] l
e e g gyt [ e e a1 K |
T — T iy — - r IB\"_| U |
| I COMMAND DISTRIBUTION UHIT (20U} ! | E ] |
l I | (. N {;%E»:Rfmms wag ) . ) : o
| | | safEfARO . gy M A e = —— — e — — ——— | t | r [ SR | E
& o
| | i - t | | 14 1| )
_____ TRIGGER. 1 e . SEvE | - a | 24 WDE I
}:Z:mvnc I I : . }:TTC%O:%::W Il: 4 | I RE @ |
RETN ; M I |
H I A l . I
Il g T aussrof || o [ eLecImomics e — e | | I e : )
|1 il IS PR } ELECTRONIC W fa—| COMMAND COMMAND HR& f LT S I & [ T =
Jl ]l [ !X’l ;W‘ | ELECTROMIC SW fof— COMMAND J J‘ | L I [ I | l
] | ELECTRGNICS 51 |
l I [ YFDUNDﬂNT’ FIEMTO} - = .| ORpHAMCE i ] m_—— I ' II I
i | t ] HECTROMIC 5% h—|— commanp “ H ELECTROMICS 5% |4—19 il |
| I f ELECTROMIC T | — COMMAND T —H oo | | I
i i : - Slleee | | |
| | M o4 = [ ]
+28 V0L | ) ! THRUSTERS (1 [ Mk v I ] |
FETH I | X i I COMMAND ) | |
| soneat| @ -l i I N [ o FusIsToR } e I |
| | AT ai PE— T COMMAND commans H| Ho— AT 1 }:Ec'lmm[ssw | l ‘ |
| | I TRIGGER | T } FLECTROMICS 5w |a—1 4 | . | b |
| | Lo ! ) CIRCU! 1 | I |
I e | £ ﬁ‘J_(' } T | commans L .- —_— - | LECTROMICS i ! : i |
e T =T ] ek L I B i)
A1 .
1 ‘E A ; ] FLECTROMIC 3% |t CommAnD | ! i : I
1| | |
{ I | |
| | | | L Y - g recTomcs s I o : |
I I ; : I - -ﬂ,r;: - T FLECTROMICS 5W |t I | k |
! | | | Lo % 1 FF—feuecmonics s | I | !
. 91 —_——
| I | I - e - !'jg' —1 } [T fecmonics m . | | I
| | | = 1 [ — 45,3 : I ! ! !
! l ! 55 I g ! I ¥ |
| N 2, . N .y +5;r:;nc<i-—#—\\ | | E: v 20 Vo | | | |
Wbyt gy iy S - HIF—&= o | o e LA 30 |
e | STELDY STATE DE CURINT T i1l I g — I |
' t | WOGIC | RECUMMDANT r PRIMARY HEATER |
| > s | I e L__ i |
‘ | - 4|—le H '\——E =o - oy | - . " |
h i | | J_} rnm . I 112 ¥DT 1] |
| TDIGHAL DECOGER UNIT (GO0 | | -1z SUN SENSOR
! I | _ i | RETH . AsseeLy 14 |
y e = 5
y | e 1 wian LIS 4 I i - SECOMDARY . . tl |
' ERNEE 4 M ! |
__________________ -——- 1OAD L___;__———————J +12MD0 . || |
. v Sk SENSOR | I
1 nlj T st [ ]
N ‘ 10AD . | } |
ECILIFMENT CONVERTER (4] > o ! : | - - I { :
+53vRC
1 50 .
: g L | :@‘:ﬂ;i paesgot oo o0 % 9 r.____ W _____. I L _ 2
g 19 vie r — WETN HRUNDANT o} Yy T T T T T T [ | T I
+ e e —— e — = |
» | spvme | Cf{Lrirrrrrrrire e
-1e voc -t e — = = = — ] F——————-———-———— = 1
rvpe At )
* — ~/
+5.3v0C T
______ o o o e e ————— e e e e e e e e e e [k - o ————— — — — — — — —
y, iim HANBLING 1 a T II_T |
1 | DIGIFAL TELCMETRY UNIT (DTUY E‘)’ : LARGE PROBF o : | | EXPERIMENT (TYPICALY \
- N I SENSOR |
et | 15 YDE l? AHMALOT INPUT | | i o |
[ - | -2 VB SATA | | | L L T T ciRcnirs I
e R CIGITAL LOIADS .
¢ ] v i | i |_ _-:> Rty |
. 15 VBT (3] | RETN =
™ : mvoe — BILEVEL DATA : i | s ’—n—,- r@ }
_____________ COMAND
i ST , b e § ; T | |
RETM { ! | LIRCUIT
t H i M4 LLPROBE MO, 1 i I |
:I | I SAME A5 ABOVE) | |
| ANALEGS | |
CIGITAL i |
SUMWERTER
| | SwaLL PROEE NG, 2 | I
l:]: LM -
AN | . - SAME AS ABOVE) . | |
SAME AS ABOVE [’ : _________________ l] : :
REDUMDANT A i ) SMALL PROBE MO, 3 ) |
] SAME AS ABOVE I ISAME RS ABOVE} ! :
| REDUNGANT | i |
L ! S e
| 1 | CHASSEE .
! f e __ PRORE SEPARATION FLAKE |
[ il S T e e A -



r
-l ‘l
O —
| aEeTRIC POWER - ———————————— e e
i ] 1
| |
|
| | 1
| | i O
I
| | J
| I I PFOWER AMPLIFIER DRIVER (4] | —— h _——
H POWER CONTROL UNIT FCLY —_— | | | | i | T T T T T T T
] ] | i l T ... ..T---= 1
] SOLA | 1 | S-BAND AMPLIFIEY (& | | e S 51 s B a1 |
B el " I ) | | | CONTROL ELICHONKS ASSEMBLY ICER) +————— — =
I ¢ 28 v 424 oy ! I I l ————— L I
| x X DC POWER U5 1 | o - 5 Canv | | | I. | 3 VBE TAFE/ARA | ! - = —I . ] i
- RTE] -
1 :I I I (i R | |__— ——— i . oG » PRIME FUSISTOR . I | | f> | | I |
1 t | | - = * 10 | +78 Ve
] | | ] | | | | | RETM » “m“j | I 1 0 WILLames max) | ! | 1
| | I | | I B f | eosr Tem o—p o -y | | | T‘ ﬁ | I
i | | I DRIVER (8) TYPICAL I roo I i | | | P | | E I |
TRANSFER 4 I e -
| a7 > I [ — o e K SWITCH W :i". 2 | -\ k|| i | } . e e t3Y0E | il |
} ¥ B o PYH | | o e T —0 LOGIC | | »j' ; | l‘i} { —4 FLECTRGHIC S [—m- cOMMAND FUSISTOR — | t + I:—-?\-EC!TDES W i —5—J l T‘i?:a!&_ I
S . N ’ ’ RETN phl g [ [eecmomc sw b f - E ||
i AV B t 5 S-BAND POWER AMPLIFIER §4) | | | } T SRAND ARPUIFIER (0} |l L I I‘_l o —?lsw g I : ; = I t I ] |
£ £ \ | REUIT ["_'_ ) } t CLECTHONICS Sw
: HIE T8 - S s H e | w20 ke | L | ‘ | - iy :
— — — - 1 P TR IC5 5w
H 2 o ——————"1| | cowmst] = I |28 AP (I [ rr\,. [ ] T EEeCTRONIE S fete- COMbARE . FEPUHDANT russion| | G- ([ ouomarce | h.s . 5 t Pl e
| H & WED AMPLIFER CRIVER (A i SCIUATOR | PV (R P mean] L = | Hp—— 1 | D |
L | 1] | I Cheut | t | 1 [acenonicsw fed { | | wem
' T | o ! I r ! I s ammt) [EY] | ool He———— 1 mdle [ o |
| Lo | 1] T ER AMPLIFIZR DRIVER, (B) { | 1 Il IRAbSER « [ —_ ] 1 : Ifi.\; s . M e—p = SiRQuY — T_.__ } | | | B+ — HER ?Ei!?_NEN | ! I |
1 . L D RECEIVER | | ] - 1 } 1 1 | | - S 1 CLECTRONICS 5w |14 | |
i ! rr———— . R - “’ P T K ¥ " D | e o N ; | Loy e e T - — ma l H l
: : CHALS = [l 5 D RECENER () ] | 11 3 | | I_l L LLECTRONIE T o comuranD  FusSTOR . | l | T i’ & 12!77' - FHES == H H ‘
- 1 . | éo u ELECTROIKIC! e
it Fasm) ! a & PRIMARY HEATEN | I TRAMSFER & A | I | HY ! . T | T ihail i Ll |
i | 1 o Fowes RECEIVER 18] : I swiicH © A T ol Chrco | ¥ | 1 — i L1 LI |
H . —br 20 1 |
! ! . H & SECOMDARY HEA . L I 3. {— Lok | ] [rimiore sy Commne N I i +Qt . HH- ! |
EATeR POW - T\ | |
| g 1 | | | ) Py [T I [ U X } |- feceemomics swja—y
| A4 T oscrarce] | guln B [T | | X f_—* [ | | RECTROMNIC S la—— comming 1 | I i 4 .4 — —— — — — | | |
i :'I | conmol F_‘gs’:‘ a Hi cou | smvec n | t | - | i — 'L@#, - {FLECTIONKCS Sw g1 I | |
i ir ey |SETE e g o e DC-6C CONVERTER | I I L F— | e TRAnGvERSE 4 — H ! |
! ; 2 & Cou R | | ] | i .o | — | | | ) Y — Ao vy | | | |
1| Ly I ge o ! ] 1 Lep I ol Jeemonics o] I I
| 1 ot i ’_: P & cea | [ GG 7 i T - i | \ | = b4 I | I el | | I | | }
l s ]:3:3: § ¥ cemmen I o b Dcu.ﬂ,n | | RECEVER () TYPICAL COMSCAN [ | I | I o nhlani | | RLNSI i — ot | 14 | : | i
! —H | e RO on C_Eﬂ L rren o \ Xt ELECTRONICS W
| -ﬂ L..__,______/__j o X D‘"Vﬁmw i | =0 CIRCLITRY - | | I | o~ *“9”5,:' I | | < t 4 [ 1] :_;RO_NCT_q—« | i | |
L ! .4 ~ = E n
| b | Foodl—o | +2a vot Ed —3 LoGIC 1 | = % rJ’ I | | 'X} | ~ J 5% |14 | | I |
1 & & E> NVERTER ) Kewm e, 1] o F— 3 psavoc’ | e m"'E"ED o 1 o | | |
} 77 L o I : s S | | | . L . i j_4 |LECIRSHICS 5w | I | I
& EXPERIMENTS (TYPICAL: — &GN giaue( —————————o [ T T ot ELECTROMICS SW
| . (L&, ——————n | | 1 : I —m:—g: STEADY STATE DG CURRENT i _gren \\ { | : | | ; : | : |
- —_——— | T, T ' 106 I o T
[ [ | by I T IAT, I | B 1 1€ | REDUNBANT i o ] I L3 - I Iy I
| | ] T o TRARSDUCER | | sﬁWD(: | | |
I L — I | | - L P {50 MILLIAMPS MAK) |
i X RY HEATERS —_— g
iy I : | DIGITAL DECODER UNIT {DDU} I ! : ';“ [j s e : :_ L l - : :
T r. - :
i I, | P ; | I il mum ________ S
Fm——— - o ——mp 1 - ; I + ! Il I
: i i I f \ I i e | ! !
LECING 1 i % —a 7 SUN SENSOR I
i LOAD | — HH | Fu—u':m smonmaEr | ASSEMBLY |
THFTFIT  ECUIPMENT CHASYS ELECTRICALLY BCRDED TO 5/ PLATFORM HorEs: i rgj L ! | T it s | Tal I l |
CLTT T e
A cmeuimRe ResrEN ! L—
cEn 10 s/e Loap | bt i T || T mi |
b CHasss GRouND ey e PLATROR VA EQUIPMENT Chasat B> rmemock amacazo o ! I i e | P 1 |
[> rucnon B | vxavoe_ ] | | " sy sonson : | |
—— SINGLE WIRE 420 YDC POWER LT _:_:>‘ 16 vB< EAME 43 ABAYE | T |
OF 50 ED IN DC CUMEMNT —_— =16 VDG
g PWISTED WIRE PAIR B> MILARPS S4XIMM STEADY ENT RTURNE Vi STEUCTURE TO SPG AT A LEVEL } | REDR) REOLMOANT 4 I | I '
236 VOC FOWER LIMITED IN: DC CLRIENT FETRNED VIA { ara 0 y | I l
KAMUIM STEAD'Y TATE STRUCTIRE 10 SRS AT A LEVEL ssvot ) DIGTAL SOTRAGE UNT (5L} | | | |
TWASTED WIRE TRAID E SWITCHING OF DISSIPATIVE REGULATORS Dt e h 1 | HE | L — i l i
PENDENT ON LOAD O - <E [ NN DU S H
H EALL) [ A W D S o
AL T AN 0GR U ST0CTES A6 i BN —m———————— e T eI I ‘
CURRENT =) T ] T—————— —_———— = e —— — — — LI
THISTED WiRE GUAD B> ooy rsommmarcrng e m [ —————— ol anp ey Vet i { - 1'_|— ———————————————————— 11
MG HETETEN COMATIa) WINDINGS 1O THE DEGREE | | v ————— | wawe  LJ . : ) N _
S (> mirewaL e - oe comern : 1 RTER ASSEMALY | | . e — y il
t HIELOED SINGLE WIRE SAME § — 1 AMOONG. — — — — —— ————— 'J - A
@ unaé%’?ﬂm&,‘:‘;g@" THAF A NEW EQILIPMENT CONVERTER : £ vl I osu 2 1 | oune T T T T T T T T T _—— A 2
T thar ===
:3% SHELDED TWISTED WIRE PAIR II I } [y I DIITAL TELEMETEY LI (5101 [‘5;. j l : : 1 J)
g ¢ : save | | wavee I | r—H—-——-——-=-=——-—=-- U
! DSCILLATOR B Ton 4 | 2w ANALERS INPUT " | 1 ———m e — — — — — — — — —
I SHIELDED TWISTED WIRE TRAD : H | 5 vor i | I ';
H 1 | e a“"" — [ |l DIGITAL DalA 1l { | 1] [T ——— 1
£ - e ] o5y 3 18 VOC = ] i | 11
® ' DC POWER WINSWITCHED) | : P 1 | g :g: BREVEL DT | | _@ o Strs0n |
FRIMARY DG POWER (8WITCHED) : H | RETH : ! | A= ﬂﬁ{ N | o6 |
9 = SECONDARY DG POWER T srac:' | 4 +— I | RETM — i |
n 2 (i) L1 | | I J 7 |
1 | ! | o |
S o 4 1 ! o i { I CONTROL |
- | CIrUNT I
COU AHD PCU = [ : | I I
¥ R | { |
e | T ] ! |
5] | | |
/ [T | i |
| veeEn, SAME AS ABOVE | l
§ -16 VOT | |
: ; :_m REQUNBANT | | I
f ] l??mm l - b I | I
FOLDOUR FRAM | ' | | i I |
: RAME | | : | ' |
| e 7 I
—————— |
| P | | e |
[ e 1
| . ! —
’ Figure 6-39. Atl
QUT FR . AtlasiCentaur Orbiter Eltectrical Distribution Di
R AM‘E e:ii:»_-, / ectrical Distribution Diagram




Table 6-19,

Atlas/Centaur Configuration

@A{c v |B>-A/c.'v

Equipment Derivation/Status, Preferred

APPLICATION .
SUBSYSTEM/C OMPONENT PROBE MAMNUF ACTURER STATLIS PREVICOUS LISAGE MODBIFKCATIONS REQUIRED
BUS ORB{TER
COMMUNICATIONS
TRAMSPOMNDER (RECEIVER-DRIVER) x PHILCO-FORD 2 VIKING, SKYMET INCLUDE CONSCAN AGC; MINOR
. INTERF ACE MODIFICATIONS
TRANSPONDER {(RECEIVER-DRIVER) ] TRW i PIONEERS 10 AND 11 [HOME
POWER AMPLIFIER (3OLID STATE) x x MICROWAVE 2 COMMERCIAL POSSIBLE GAIN MODIFICATION;
SEMICONDUCTOR CORP. APFPLICATIONS INCLUSION OF HIGH RELIABILITY
AND SPACE QUALIFICATION
REQUIREMENTS
DiPLEXER x x WAVECOM | PIGMEERS 10 AND 11 NONE
TRANSFER SWITCH = X TELEDYHME | PIGHEERS 10 AND 11 NONE
HY8RID COUPLER X x ANAREN z NCNE SCALE FROM EXISTING L-BARD
TO 5-BAMD
1,5-METER DiSH » TRW 3 NONE MOT APPLIC ABLE
5-BAMD MEDIUM ~GAIM HORN % % TRW 1 PIONEERS 10 AND 11 NONE
FORWARD OMMI H = TRW 1 PIGNEERS 10 AND 11 NONE
A-BAND HORN (CCCULTATION = % TRW 3 MHOME NOT APPLICABLE
EXPERIMENT)
DATA HANDLING
(IGITAL TELEMETRY UNIT % x TRW 1 PIGNEERS 10 AND 11 INCREASE MAIN FRAME LEMNGTH;
. INCREASE A/D QUANTIZATION;
REDUCE LOWEST BIT RATE FROM 14
TG 8 BITS/S; PROVIDE GROUND-
COMMANDED TWO-LEVEL MODU-
LATION INOEX CONTRCL
DATA STORAGE UNIT x TRW 3 HONE MNEW DEVELOPMENT USING EXi5T~
. - ING TECHROLOGY .
COMMAND
DIGITAL DECQODER UMIT % x TRW 1 PIONEERS 10 AND 11 NONE
*| = FLIGHT-PROVEM; 7 = DEVELOPED; 3 = MEW
| APPLICATION ¥
SUBSY STEM/C OMPONENT MAMUFACTURER STATUS PREVIOUS USAGE MODIFICATIONS REQUIRED
PROBE CR
BLS BITER
COMMARD DISTRIBUTIOM UMIT % x TRW 1 PIONEERS 10 AND 11 AUGMENT ORDMANCE FIRING CIR-
CUITS; INCREASE COMMAND
STORAGE CAPABILITY; ADD ORBIT
INSERTION MOTOR FIRING LOGIC
THERMAL '
LOUVERS P x TRW 2 HELIOS SIX-BLADE ASSEMBLY, NOME;
FOUR-BLADE ASSEMBLY, LOWER
ASSEMBLY SHORTEMED
INSULATION = 3 TRW 2 PIONEERS 10 ANB 11 [DESIGMED FOR SPECIFIC APPLICA-
TIOM
HEATERS x ® ELECTRO-FiLMd { PROGRAM 169 NOMNE
ELECTRI AL POWER
SOLAR ARRAY 3 * TRW 2 DEFEMSE SUPPORT SIMILAR TO DEFEMSE SUPPORT :
FRCGRAM PROGRAM WiTH DIFFERENT CONE
AMGLE
BATTERY * TRW 2 DEFEMSE SUPPORT MEW DESIGIN BASED ON DEFENSE
PRGGRAM, DSCS-11 SUPPCRT PROGRAM AND DSCS-11
- " Ni-Cd TECHNOLOGY
BATTERY ® EAGLE AICHER 3 MMC (RAD Ag-Zn NEW DESIGM; SAME CELLS
AS FOR PROBES
POWER CONTROL UNIT 3 ® TRW 2 PIOMEERS 10 AMND |1 | REDESIGN CHARGE/DISCHARGE
CONTROLS; MODIFY 8BS FILTER/
TELEMETRY/C OMMAND SLICES
SHURT RADIATOR % x THERMAL SYSTEM IMC, 1 PIOMNEERS 10 AND 11 NGMNE
IMVERTER x x TRW 2 PLOMEERS 10 AND 11 |MODIFY FOR 28 YDC IMPUT; ADD
REDURDBANT OSCILLATOR
TRANSF ORMER-RECTIFIER~FILTER x x  [TRW 2 |PIONEERS 10 AND i1 | DELETE RECEIVER AND DRIVER
SLICES; ADD DSU SLICE FOR ORBITER
ONLY; DELETE CONSC AN PROCES-
FOR OMN PROBE 5US DMLY

*1 = FLIGHT-PROYEN; 2 = DEVELOPED; 3 = NEW
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Table 6-19. Equipment Derivation/Status, Preferred
Atlas/Centaur Configuration (Continued)

~

APBLICATION A
SUBSYSTEM/COMPONENT PROBE MANUEAC TURER STATUS | PREVIOUS USAGE MODIFICATIONS REQUIRED
ORBITER
BUS
PROPULSION
PROPELLANT TANKS x X |PRESSURE SYSTEMS INC. 1 |oscs-u DELETE BLADDER; MODIFY MOUMT-
ING ARRANGEMENT
THRUSTERS M % [wew FLTSATCOM MNONE
PRESSURE TRANSDUCER x ®  |STATHAM INSTRUMENTS 1 |PIDMEERS 10 AND 11 | NONE
TEMPERATURE TRANSDLICER x x  [ROSEMOMT ENGIMEERING| 1 [PIOMEERS 10 AND 11 NONE
ROCKET MOTOR {ORBITER OMLY) x  |AERCIIET Swm-2 v [INTELSAT 11t 10.2 PERCENT OFF-LOADING
ATTITUDE CONTROL
CONTROL ELECTRONICS x x |mw I [PIOMEERS 10 AND 11 | STELLAR REFERENCE ASSEMBLY
ASSEMBLY LOGIC DELETED; ADD REDUNDANT
SUN SENSOR LOGIC; ADD VALVE
DRIVER LOGIC; ADD SMALL PROBE
RELEASE LOGIC
SUN ASPECT SENSOR x x  {TRW 1 |INTELSAT 11 MODIFY MASK FIELD OF VIEW FOR
. . IMPROVED ASPECT AND ROLL
ACCURACY
CONSCAN PROCESSOR x rew 1 |PIOMEERS 10 AMD 11 | IDENTICAL TO PIQINEERS 10 AND {1
CONSCAN PROCESSOR EXCEPT CON-
FIGURE TO 1SSUE FIRING PULSES
EVERY TWO SPACECRAFT REVOLU-
TIONS (JUMPER WIRE CHANGE)
RAM PLATFORM DRIVE % |mrw 2 [FLTSATCOM DELETE SLIP RINGS
STRUCTURE AND MECHAMISMS
STRUCTURE x x  |TRW 3 |NEW EXISTING SPACECRAFT CONCEPTS
NUTATION DAMPER x x |mw 3 |MEW SIMILAR TO METEOSAT DESIGN
MAGNETOMETER BOOM x  |CELESCO 3 |NEw BASED ON VIKING BOOM DESIGN
RELEASE MECHAMISMS
BALL LOCK MECHAN|SM x 1 |MINUTEMAMN NONE
PROGRAM
PIN PULLERS x TRW 1 JPICMEERS 10 AND 11 | NOME

——————
*| = FLIGHT-PROVEN; 2 = DEVELOPED; 3 = N?W

6.2.2 Thor/Delta Configuration‘s B /D 1 4% T/D I W
. . ‘ é T/D I
6.2.2.1 Mechanical Design Concept ﬂ}'T!D " éz“_‘l{mm

The mechanical design concept for the spacecraft described in
Section 6.2.1.1 for the Atlas/Centaur also applies to the Thor/Delta,

except that the primary structure is defined by the accelerations at third-

stage burnout.

An exploded view of the Thor/Delta probe bus spacecraft is shown
in Figure 6-40. Figure 6-41 illustrates the simplicity and commonality

of the structural design.
Mass properties of the spacecraft are tabulated in Section 6.2,2.3.

6.2.2.2 Dynamics and Attitude Control

The dynamics disturbances to the attitude control system for the
Thor/Delta configuration are similar to those described in Section 6.2.1.2

for the Atlas/Centaur configuration,
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Figure 6-40, Exploded View of Thor/Delta Probe Bus Spacecraft

As discussed in Section 6,2,1.2, thrust-level differential p'rod'uées' A
a body-fixed transverse torque on the spacecraft that causes the space-
craft spin axis to cone in inertial space. Figures 6-42 and 6-43 illust.r'ate
this. o |

The dynamic disturbances for the Thor/Delta probe b;is and orbiter
are shown in Tables 6-20 and 6-21,

6.2.2.3 Mass Properties

_ Weight and mass propertiés estimates are summarized in this
section for the ‘prefe'rred Thqr/Delta probe and orbiter spacecraft con-
‘figu'ra.tions and the three optional orbiter configurations as described in
Sections 5.2.3 and 5.2.4.
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Figure 6-42. Examyple of Angle of Attack Trace in Enertial Space
{Thor/Delta Probe, First Midcourse Manguver)

AMNGLE
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if- 0081} \ / k
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Figure 6-43. Exampies of Amplitudes of Angle of Attack, Nutation Angle,
and Momentum Vector Attitude Versus Time (ThoriDelta
Probe, First Midcourse Maneuver)

Presented are mass properties requirements, weight summaries,
detailed weight breakdowns, mass properties estimates for various flight\
conditions, and the coordinate reference axes and notation systems used
iﬁ the mass properties analyses, Details of the large and small probe
weights and mass properties used ‘in this section are presented in Sec-
tion 6.1.2.3.
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Thor/Delta Probe

Dynamic Disturbances

D THRUST AMGLE-OF- | MOMENTUM | VELOCITY
[9 T av | EACH SPIN-RATE ATTACK VECTOR | DISPERSION | o YELOCHY | NUTATION
EVEMT CHANGE DEGRADATION AMGLE
{M/3) | THRUSTER RAL/S (RPM}] ERROR SHIFT ANGLE 475) oLG)
rne | T TRAD (DEG)1 | TRAD (DEG): | TRAD (DEG) (
U S |
SEPARATION FROM 0.2 )] 0.038 Q.031
BOOSTER (2.2) (i.8)
FIRST MIDCOURSE (13| 73 5.2 £1,047 0.077 0.014 0.007 0.1 0.065
(1.17) {£10) (4.4} {0.8) (0.4) 3.7)
SECOND MIDCOURSE {1} | 7 ~3.1 +0,018 0,035 0.009 0.004 0.004 0.038
0.7} (£0.1) 2.0 (0.5 (0.25} 2.2)
THIRD MIDCOURSE ml 2 -3.1 +0,030 9,045 0.007 0. 004 0.001 G.028
(0.7) £0.3) 2.6) (0,5) (0,25) 2.2)
@ | 2 ~3.1 +0,205 2,443 2.443 LARGE 0.003
©.7) (1.4 (140) {140) (0.2)
FIRST RETARGETING wlonezp -3 %0,010 0.023 0.010 0,005 - 0,012
(0.7} (+0.1) (1.3) {0.8) {0.3) ©.7)
@ iz | ~3.1 +0,042 9,009 0.009 0,004 8, 00007
©.7) (0.4 (0.5) {0.5) 0.25) (0.004)
SECOND RETARGETING (1) | 7.82 [ ~3.1 £0,073 0,209 0.070 0.035 0.041 0.140
(0.7) 0.7) 12) ) {2) (8)
THIRD RETARGETING oy | 6.3 | ~3.1 +0,063 0, 140 0.087 0.045 0.064 0.070
0.7) £0.8) () 6 (2.5) {4)
@] 634 | ~3. £0,230 0,075 0.075 0.045 - MNEGLIGIBLE
{0.7) (£2.2) (4,3} (4.3} 2.2)
FOURTH RETARGETIMNG (1) | 26.55 3.1 +0,293 0.038 0.017 0,009 8.008 0.021
0.7) (=2.8) {2.2) 4] 0.5} {1.2)
ASSUMES 0.503 RAD/S (4.8 RPM) SPIM RATE FOR ALL CASES
(1) USING PAIR OF AXJAL THRUSTERS WITH 9 MILLIRADIAM MISALIGNMENT
{2) USING PAIR OF SPIM THRUSTERS
Table 6~21, Thor/Delta Orbiter Dynamic Disturbances
‘BT/D”I ANGLE~OF VELQCIT
THRUST NGLE~OF- | MOMENTLM LOCITY
EVENT sy | Eack | SRR | UATIACK | UVECTOR | DISPESION | pedhadanon || AMGLE |
(M/5) | THRUSTER FRAD/S (RPM)) ERROIR SHIFT ANGILE AS) {DEG)
T/D m N LBY] ' TRAD (DEG)) | TRAD (DEG)| | [RAD (DEG)]
- )
SEPARATION FROM BOOSTER | 0,25 {0) (5} - 0.035
12w @)
T/0 1Ml
FIRST MIDCOURSE 73 -.5.2 £1.309 0.084 0.023 0.012 0.1 0.061
W . (1,17} (12,5 (4.8) (1.3 [0.7) (3.5}
T/D Wi
SECOND MIDCOURSE 7 ~3.1 +0.126 0.851 6,014 0,007 o 604 0.637
0.7} {1.1.2) 2.9) .8) 0.4} {2.1)
THIRD AIDC OURSE 2 ~3.1 10,037 0.051 D.014 0,007 0.001 0.017
(~0,7) {+0.35) (2.9) {0.8) (0.4) .1
DEBOOST 28 500 ¢ 0.154 0.042 0,021 (0,5%) a.112
(6400) ) (8.8) {2.4) 1.2) [6,4)
PERIAPSIS TRIM AY (TOTAL) | 43.5 ~3.1 10,524 4,007 0.030 0,005 0.013 0,026
£-0.7) (+5) @.1) {0.6) 0.3) (1.5)

*ASSUMES | M/S RELATIVE VELQCITY AT SEPARATICN

GTHER ASSUMPTIONS: ¢ MILLIRADTAN THRUSTER MISALIGNMENT
+4 PERCEMT THRUST-LEVEL UNCERTA{NTY FOR EACH THRUSTER
0.524 RAD/S (3 RPM} SPIN RATE DURING MIDCOURSE AMND PERIAPSIS TRIM MANEUVERS

6,283 RAD/S {60 RFM) SPIMN RATE DURIMG DEBOOST {VENUS GRBIT INSERTION)

Requirements

The probe and orbiter spacecraft mass properties requirements

imposed by launch vehicle and mission considerations are summarized
Table 6-22,
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Table 6-22, Thor/Delta Spacecraft Mass Properties Requlrements
Version III Science Payload

’ REQUIREMEMT
PROPERTY

PROBE SPACECRAFT ORBITER SPACECRAFT
SPACECRAFT WEIGHT AFTER SEPARATION 385.1 KG (B49.0 LB) MAX)- 792.6 KG (645.0 LB) MAXI- .
_ MUM (TYPE | TRAJECTORY) MLUM (TYPE (I TRAJECTORY - .
LONGITUDINAL CEMTER-OF-GRAVITY LIMITA-
TION (DISTAMCE OF SPACECRAFT CENTER OF <863.6 MM [34.0 IN_} BASED CN A
GRAVITY FORWARD OF THE SPACECRAFT/ 4D6.7 KG {900 LBy SPACECRAFT
THIRD-STAGE. SEPARATION PLANE)
RADIAL CENTER-OF-GRAVITY OFFSET FROM 50,381 MM (0,015 IN. }, PER PHASE 8 RFP SPECIFICATIONS.
SPAC ECRAFT CEMTERLINE DURING LAUNCH NOTE:* PER DELTA RESTRAINTS DOCUMENT, THE STATIC BALANCE
CONDITIONS REQIOTREMEN T SPECIFIES ALLOWABLE OFFSET OF <1.27 MM, -
: . (0.050 IN.} -

INERTIA RATKD (RATIO OF SPIM TOQ TRANS- . v
VERSE IMERTIAS FOR LONG-DURATION =1.10 >1.10
SPIM-STABILITY CONSIDERATICNS) .

SPACECRAFT FRINCIPAL 5PIN AX{S PARALLEL =0.002 RADIAN, PER PHASE B RFF SPECIFICATIONS,

TO SPACECRAFT LONGITUDINAL CENTERLINE MOTE:* PER DELTA DESIGN RESTRAIMTS DOCUMENT, THE
DURING LAUNCH CONDITIGNS DYFEMIC BALANCE REQUIREMEMT SPECIFIES ALLOWABLE
PRINCIPAL SPIN~AXIS QFFSET OF @,020 RACIAN -~
PRIMCIPAL 5PIM AXIS IN THE X¥ AND XZ .| 20,0035 RADIAN {£) .20 DEGREE)| =0,0035 RADIAM i£D.20 DEGREE)
PLANE PARALLE{ TQ THE X-AXIS (PRELIMIMNARY ALLOCATICN) (PRELIMIMARY ALLOCATION)
. DURING PROBE SEPARATION. [ DURING YEMUS ORBIT
AND BUS REENTRY | OPERATIONS

,DAC—6I687,_ “DELTA SPACECRAFT.OESIGHN RESTRAINTS, * OC TOBER 1968, REVISED AUGLST 1972,

The static and dynamic balance constraints are based on the speci-
fication requirements stipulated in Appendix C of the Phase B RFP,
Launch vehicle considerations impose requirements on the radial center-
of ~gravity offset and principal spin-axis orientation which are much tighter
than the constraints currently spec1f1ed by the launch vehicle suppher, as
noted in the table, ' '

Preferred 36-Watt Fanbeam, Fanscan .!31w
Spacecraft Configuration ‘ T/D 1

.

The detailed weight breakdowns for the preferred probe and orbiter
spacecraft configurations are presented in Figure 6-44A. The contingency
margins, i.e., the net'weight remaining for contingency provision) for the
probe and orbiter are 24,8 kg (54.8 1b) and 10.0 kg (22,1 1b), respectively.
As a percentage of dry épacecraff weight, this represents a contingency
factor of 7.3 percent for the probe and 5.5 percent for the orbiter.
Because preliminary contingency analyses, Appendix 6E, show an esti-
mated 11,8 percent for the probe and 10,2 percent for the orbiter, both
configurations present a weight prbblem. A weight reduction program
could increase the contingency margin, but this sacrifices low cost con-

giderations, Detailed weight/cost tradeoffs are discussed in Section {2.
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Spacecraft mass properties characteristics for various flight con-
ditions, summarized in Figure 6-44B, are based on coordinate reference
axes and notation systems, Figure 6-44C. For long-duration spin-stability
considerations, the inertia ratios (the ratio of spin to transverse inertias)
are >1,10 for all conditions after booster separation. During third-stage
TE364-4 burn conditions, the inertia ratio is <1,0 and is acceptable based

on a short-duration spin-stability criteria.

The inertia parameters (\) for the probe spacecraft before probe
separation range in value between 0, 15 and 0.19, and during and after
probe separation between 0.61 and 0,77, A fine-tuned damper and a
coarse~-tuned damper satisfy the dynamic requirements during these two
periods. For the orbiter spacecraft the inertia parameters range in value

between 0,25 and 0.31. A single damper is used in this configuration,

To minimize principal spin-axis migalignment of the probe space-
craft during periods of asymmetric separation of the three small probes
and the deployment of the science sensors before Venus entry, all expend-
ables, deployables, and separable elements are located in the composite
longitudinal center-of-gravity plane of the spacecraft bus (i.e., in the
longitudinal center-of-gravity plane of the spacecraft less the large probe).
Radial shift of the spin axis occurs during these periods; however, the
spin axis remains parallel to the longitudinal reference axié since products

of inertia are not induced in the XY and XZ planes.

A principal spin-axis misalignment condition exists, however, dur-
ing transit conditions (before large probe separation) when the magnetorﬁ-
eter sensor is deployed, Since the longitudinal center ~of-gravity plane of
the spacecraft (with large probe) is displaced from the bus center-of-
gravity plane where the magnetometer is located, products of inertia are
induced when the magnetometer is deployed. The spin-axis misalignment
is 0.030 radian (~1,7 degrees) during this condition. Should this tilt in
the spin axis be unacceptable during certain transit periods (e.g., during
midcourse maneuvers), the magnetometer sensor can be retracted to the
stowed condition to alleviate the misalignment. Figure $-44B summa-

rizes details relative to principal axis orientation.
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A DETAILED WELGHT SUMMARY B SUMMARY OF SPACECRAKT MASS PROPERTIES CHARACTER|ISTICS C COORDINATEEREFERENCE AXES AND NOTATION SYSTEM
i DURING VARIOUS FLIGHT; CONDITIONS
. PROBE SPACECRAFT
A 213.4 CM 84.0 IN.) DIA
S P cm
WEIGHT WEIGHT {33.0 IN.)
DESCRIPTION PROBE MISSION ORBITER MISSION DESCRIPTION ‘ PROBE MISSION OHRBITER MISSION i . SMALL PROBE MO, |
(KG} (L&) (KG} ) (KG) (L8) (KG) (L8) i SMALL PROBE NO, 2
MAGINETOMETER
ELECTRICAL POWER 15.7 .7 2.1 92.8 STRUCTURE (CONTINUED) : ¥
SOLAR ARRAY ASSERABLY (51X PAMELS) 6,80 15.0 15.88 35.9 PLATFORM/COMPARTMENT ASSEMBLY 13.88 30.6 13.88 30.6 }g CENTER OF GRAVITY MOMENTS OF ngrTiall) PRODUCTS OF INERTIAL L Pl A o
BATTERY 1.59 3.5 17.42 8.4 UPPER STRUTS {15) (.27) (2.8) (1.27) (2.8) coMDION | WEIGKT NI . . - > - eatiofl) e —.JDb _ﬁ%(éﬁegb
‘ .85 1.9 0, 1.9 v LN 300.0 CM. |
POWER CONTROL UNIT INCLUDIING SHUNTS 4,45 9.8 6.35 14.0 PLATFORM STRUTS {9 (0.88) 1.9 (0.56) 0.9 KG) (B X oY z (kG- (UG | (KG- (LUG |(KG- UG |(KG- (SLUG|IKG- GLUG [(KG-  (SLUG [ Iyl 1/t | PARAMETER (1181 1M.)
DC-DC CONVERTER 2.90 L 2,45 5.4 VERTICALS {5} .04 2.3 (1.04) @.3 ) e B L W A S C T INVE S A V- A IO At M2 Ry . (DEPLOYED) - LARGE PROSE
. - 208 5s 5.0 UPPER RING ASSEMBLY {1.36) {3.0) (1.36) (3.0 |
MWC’NSESSOR 22 &£ %"6 = PLATFCRM STRUT FITTINGS (9) ©0.64) 0.4 .64 (1.4 PROBE MISSIOON
p— — _‘, . . : ,
E;:ii’::‘ (:';OC 2.3 5.2 2.6 5.2 PLATFORM ASSEMBLY i 7760 G20 G.7e) (7. AT TE-344-4 IGNITION 1527.2 3367 {2017 79.4f 0 0 [ O 0 |.259.8 191.6| 6672 6544|6872 R4 -  — | — | - o~ |oz o2 - SMALL PROBE NO. 3
. : : ’ BRACKETS AND ATTACH HARDWARE (6.95) (2.1} {0.95) 2.1) . 37
2.4 AT TE=364-4 BLRNOUT 4840 1067 |276.9 1F.0 0 0 | O 0 | 155.6 114.9|353.6 20.8|3me moB| - e | - | - o | o4 ouas| -
IRANSWUITTER DRIVERS (2) 107 2.4 .0 SOLAR ARRAY SUPPORT ASSEMBLY 3.7 8.3 3.49 7.7 344 b _
POWER AMPLIFIERS (2) 0.5¢ 1.2 ewm mmees UPPER RING . 0.27 {2.8) {1.00) 2.2 AFTER THIRD 5TAGE ETES.CVR?DT;! N 3. 84 [sse 1215l ¢ o | 0o o Jur Joe.e (155,3) (3[2).3) (:ga.g) (;g.;) a 0 N RN B x
---------- 5.44 12.0 {MAGNETOMETER %) (108.9)] (122, ) qee. . . 149 (. .
e 0.23 0.5 LOWER RING ‘ (1.45) (2.2) {1.45) 3.2) 0 |
HYBRIDS (1/5) 9.05 . : STRUTS (18) , (.04 @.3) .00 2.3) AFTER THIRD STAGE SEPARATION 385.1 849 [308.6 121.5) 0.8¢ 0.3 0 © | 156.3 117.1|125.8  92.8| 139.8 03.1/-0.88 -0.65] 0 o | -a.B -2.8 _
DIPLEXERS (2) 1.95 1.95 4.3 . ' : {MAGNETOMETER DEPLOYED) (5828) M7.1[(128.9) G2 0[040.7) (103.8)]  (+1.62) : 4.9 [ 0.2n gan| @a9) ‘
SWITCHES (475 . - 50 PROBE SUPPORT AND RELEASE MECHANISMS (4) | 5.35 TR [R—— —— i , \ —— ‘
. . : S — AFTER MIDCOURSE 370.1 816 |309.6 121.9) 0.89 0.35 0 0 | 1554 1146|1251 90.8| 1365 D¢l .08 o 0 | —am -2m 1.6 N B / [ p
FORWARD OMN) 014 0.14 0.3 AMTENNA SUPPORT ASSEMELY : 3.18 7.0 {MAGNETGAETER DEFLOYED) 055.4) (4.8 a2zl0) oLl adris) apinl o) 1.9 | Q.2 a3 ©.s) { ) BUS) S S \Facmaazing |
0.2 o5 MAGNETOMETER BOOM ASSEMBLY 2.72 4.0 2.72 5.0 ‘ : i IR0 1N,y 9.4 CM
AFT OMNI b.41 : : PROPULSION SUSPORT ASSEMBLY ’ 1.51 4.0 1.8 4.0 PRIOR PROBE SEPARATION 370.1 816 13696 129l 0 0 | 0 0 |15 44|12 90|23 po.al o 0 0 o | -3.a -2.8 545 CM — | {35.2 IN.)
MEDILM GAIN ANTENNA : 0.0 2.0 [ e e ‘ e i e Pt o o (MAGNETOMETER STOWED) {141.5) (104.4)|(119.3) (88.0)|(126.9) (pale) 4479 | Ga9) a2 ©as) 18 ML) 1— - : 318 CM (1.5 IN.) L
DAMPER (2/1 : 1. . . . - 5 ]
FAN-BEAM ANTERMMA e 1.13 2.5 FORWARD OMNI SUPPORT : 0.23 05 | eeeee s AFTER LARGE PROBE SEPARATIDN 2155 475 e ol o o | o o 1253 94| m2 s2s| 7o B7| 0 0 o o | 3@ -2.8 - SERARATION, - s em T
FAMNSCAM ANTENNA B 0.45 1.0 P O SUFRORT it o o s (MAGNETOMETER STOWED)' 025.3) (92.4)| Ga.4) B4R (66.8) (49.3) @o.8) | 0.68) (.87 ©.77) REF oA 25,0 oM il 7.6 CM
) . . ) . . - W e 4.0 IN.
RF COAX AND CONMECTORS 0.9 2.8 13 25 : 05 | e . AFTER FIRST SMALL PROBE SEPARATION | 186.0 410 |281.9 111.0[11.18 440 6,43 2.5| 1014 7am) w0 a75| 522 %85| o ) o 0 |-13.84 -10.21 : (190.0 1M.} 172.7 CM [88.0 1N.) 6 )
‘ 2 2.6 27.8 MEDIM GAIN ANTENINA SUPPORT 0.23 ‘ (MAGHETOMETER STOWED) (101.4) (74.8)| (73.8) (54.4)| (43.4) @2.0) {az.7o) (1.38) (2.34) (0.71)
ELECTRICAL DISTRIBUTION 12.2 2.8 12.8 @3 SCIENCE SUPPORT BRAC KETRY 0.91 2.0 c.91 2.0 :
e vo s vor e /14 SPECTROMETER SUPPORTS (2) “ SoO e s N WAONETOMETR Saweyf | T M (L e e et em) g El &L W &S &80 0 | CEAY i el cw ORBITER SPACECRAFT
HARNESS AND CONMECTORS 7.07 20.0 %.07 20.0 EQUIPMENT TIE-DOWN AND INTEGRATION HARDWARE 2.0 46 2,09 4.6 X : ' ' . g : : : .
2, ! AFTER THIRD SMALL PROBE SEPARATION| 126.6 279 2819 110 o o | o 0 | a9 46| 3a 29.2| 385 28.4] 0 0 o 0 | -3.81 -2.81 .
DATA HANDLING ﬁﬂ -2¢~:~ %a La_i" BALANCE WEIGHT PROVISIOMN 2.7 6.0 2.7 6.0 (MAGINETOMETER STOWED) w2e) weal e @ial @5 ds9 T | aan 0| ©en e 213.4 CA (4.0 IN.)
+ DIGITAL TELEMETRY LNIT . - . A N Voo o o o __.___ T T LT T ] ] : . :
R UNIT 0.77 1.7 0.77 1.7 | ‘ END OF LIFE ) 1266 279 |281.9 1n.pfze2 1@ 0 0 | 7es 56.5] e 22| m2 8| o0 0 0 0 | -3 2.8 -
DIGTAL DECODER UNIT 2) oo : - : o SPACECRAFT BUS LESS SCIENCE (DRY) ' 197.5 237.0 152.5 336.0 {MAGHETOMETER DEPLOYED) 76.6) (5.5 @8.5 @84 (33 @d9.3) -15.6% | 099 (.44| (.46
DATA STORAGE UNIT (3) m——— ma—— 1.82 B [ G N I : ;
: ORBITER MISSION '
ATTITUDE CONTROL 2.3 5.1 2.3 51 SCIENTIFIC INSTRUMENTS ; 1.2 24.6 28.3 62.5 QRBITER MISSION i :
T CONTROL ELECTRONICS ASSEMBLY 1.91 4z .9 4.2 NEUTRAL MASS SPECTROMETER : 5.00 1.0 4.54 10.0 AT TE-364-4 IGNITION ) 1436.7 313 {194.1 6.4 0 0} 0 0 | 204.0 150,35 650.1  509.0| 695.0 5[2.6| — B e R e ALt B ?;EATGRTCEEBNQSER
SUM SENSOR ASSEMBLY (2) 0.41 0.9 0.41 0.9 ION MASS SPECTROMETER 1 1.34 3.0 1.36 0 AT TE-364-4 BURNOUT 391.4 863 |266.4 1049 0 0 6 0 | 1001 73.8| 2751 202.9 [ 280,0 2065 — - | - | = -~ |03 0.3 -
‘ - ELECTRCN TEMPERATURE PROBE ' 1.13 2.5 1.13 2.5 ‘
6.8 1. 6.8 14.9 AFTER THIRD STAGE SEPARATIGON 2926 &5 (3045 99l 0 0 [ 0 o | 8.3 &5 e s02] 729 2| e a o o -1 -z + e
PROPULSION (DRY) asseveLY @) T -——‘6: S "o UV FLUORESCENCE 1.34 3.0 m—— - (MAGMNETOMETER STOWED} #7.3) (65.9)) 7.5 o8t (3.3 (P .2 (17.7°) | 0.32) (.23) {0.26) (DEPLOVED) ALTIM
PROPELLANT TANK ) - . . . . ‘ ED ETER
THRUSTER ASSEMBLY (8) 2.18 4.8 218 4.8 MAGNETCMETER AFTER THIRD STAGE SEPARATION 2.6 645 [3045 119.9) 114 0.45) 0 0 |103.0 7s.0| &1 02| 886 43.9| 0 o [ o of -7 o 305.0 CM ANTENNA
o8 0.4 018 o4 UV SPECTROMETER {MAGMETOMETER DEPLOYED) 0ae (76,00 (67.9) ‘(@0.) @6.9) ?4.1) 5.3 |52 a9 (0.31) (18,1 1M.)
FILTER . . . . ! _
PRESSURE TRANSDUCER 0.18 0.4 018 0.4 IR RADIGMETER : AFTER MIDCOURSE 280.8 619 |304.5 119.9[1.17 048] 0 0 |100.3 74.0| 6.7 492 853 g2 0 0 0 0| -1.75 -1.29
ALVE ASSEMBLY 0.18 0.4 0.8 0.4 RF ALTIMETER ! (MAGNETOMETER DEPLOYED) . (100.3) (74.0)| (86.8) [9.1)| (85.8) (?3.1) (-5.30) | 4.51) (. (.30
FILL AND DRAIN VALY . . : < BT L R v
0.9 2.0 0.%1 2.0 : FRIOR VENUS GR3IT INSERTICN 260.8 619 {3045 199/ 0 0 | o 0 | 8.6 3.9} .7 49.2] 716 E2a| o o 0 0| 175 129 :
PROPELLANT LINES AND MISCELLANEOUS ! # SPACECRAFT BUS (DRY) (MAGNETOMETER STOWED)" @e.a) @9 oz weB (2.0 (3.2) iz | a.a0 u.am| s w7z
_____ JE— 2.1 20.0 l
SOLID INSERTION MOTOR BURNOUT) == == - = - AFTER VEMUS ORBIT INSERTION 196.4 433 |304,5 1195 6 o | 0 0 ] 845 &2.3| std  47.5| 6.3 kil o 0 6 0} -1.75 1.2
THERMAL CONTROL 10.4 23.0 4.9 32.9 PROAES WITHOUT CONTINGENCY) [MAGNETOMETER STOWED) § (84,5 (8223 3.9 wr.n| @0ty Gile 7.7 | 0.3 a.en| ©.2e
S e == Y o LARGE PROSE ! ;
INSULATION ASSEMBLY 5.8 2.8 54 b SMALL PROBES {3) ‘ AFTER VENUS ORBIT INSERTION 196,4 433 [304.5 1199|168 0.66) 0 0 | wsa 75| a4 azs| w30 bl o 0 0 o 175 oz .
FORWARD CLOSURE ASSEMBLY 0.86 1.9 1.00 22 f | _ MRS o {MAGNETOMETER DEPLOYED) 8.3) (72.8)| ©4.3) @7.4)| 6.2 1.8 5.9 |03 0.8 0.3 :
$IDE CLOSURE ASSEMBLY &.a 0.9 g.41 o2 » SPACECRAFT (DRY) END OF LIFE ) 1914 422 (3045 niee|1za vesl 0 o ] w2 m7| sp 47| sz k09| o 9 00} -175 .12 : /
LOUVER ASSEMBLY (3/6 SQUARE FEET) .77 3.9 3.54 L I {MAGNETOMETER DEPLOYE[”) ] 97.2) (117} (3.7} (47.0)] (82.7) (b1.0) (-5.3°) (1.53) (1.18})] (0.30) , * .
RMAL FIN-TRANSMITTER 0.8 1.5 3.63 8.0 ; ] . ‘ ‘ |
THERMAL FIMN-T ° : ’o PROPELLANTS AND PRESSURANT ; 2.4 _42.8 .2 224.4 NOTE: (1} VALUES IN PAREMTHESES ARE REFERENCED RELATIVE TO THE PRINC IPAL AXES. . @%(m :
HEATERS; |SOLATORS, PAINT, ETC, 6.91 2. ol . INSERTION PROPELLAMT AND EXPENDED [MERTS ' S [N 84.41 186.1 —= ‘ os - | -0 IN.
‘ S - . A 160, 3
STRUCTURE 4 $7.2 0.4 89.0 HYDRAZINE PROPELLANT 19.14 42.2 17,49 37.7 @ INeRTia paralverer a o (XYY [z : 5 | _L e
CENTRAL CYLINDER ASSEMBLY 9.71 21.4 10.25 22.6 NITROGEN PRESSURANT . a.27 0.6 | 07 04 ‘T‘ VAT ol 'L % 316 CM 12,5 1N
2.48 .9 .09 60 § - TSI DY L ] k
UPPER RING @.¢8) (6.9 @.09) ¢ o SPACECRAFT LESS CONTINGENCY : 30,3 704.2 282.6 229 9.2 1N, 295 o (11,6 IN.)
CYLINDER (2.45) (5.4) @8 s F ) —— |- — - _] ? . SEPARATIGN PLANE 1 . N
0.59 L I e R i REF STA 254.0 CM
PLATFORM SUPPORT RING } {4.31) ©.5) ES 53; E? ; CONTINGENCY (NET ALLOWAGBLE) 1 4.8 54.8 10.0 22.1 i nooa iy J a7 cm L
SEPARATION RING - " ' (PERCENT OF DRY SPACECRAFT WEIGHT) . 7.3 5.5 ! , 5.1 M.}
MOTOR MOUNTING RING ———— - (1,45} ez § T U L i ‘ F—172,7 CM (68.0 IN.)—|
ATTACH HARDWARE 0.27) (©.8) 0.36) {0.8) « GROSS SPACECRAFT AFTER SEPARATION 385.1 549.0 292.6 45.0 ! .
- ' s

iHigure 6-44. Preferred Fanbeam, Fanscan Thor/Deita Spacecraft Mass
| Properties Summary for Version 111 Science Payload
v and 1977/1978 Mission Launches
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The orbiter spacecraft, a simpler configuratioﬁ with no separable
elements, is complicated by the current deployment method of the altim-
eter science antenna {out-of-plane deployment}, To meet TE364-4 third-
stage mass properties requirements and operational spacecraft require-
ments, the antenna, when deployed, balances the spacecraft staticaliy and
dynamically. The antenna is deployed after second-stage separation and
before third-stage burn. An alternate method would deploy the antenna in
the center-of-gravity plane, eliminating products of inertia problems in
the XY and XZ planes. However, this would require better definition of
the antenna assembly size and shape for stowing considerations between

the spacecraft compartment and the shroud,

For both the probe and orbiter spacecraft configurations, the launch
vehicle mass properties requirements were the most stringent. The probe
configuration posed the most difficult problem; five separate entities (the
four probes and the bus) had to be combined to meet not only the launch
requirement but also the spacecraft requirements during sequential sepa-
ration of the probes. A preliminary analysis, Appendix 6G, determined
the allowable probe and bus mass properties uncertainties necessary for
launch vehicle performance. Two sets of launch vehicle requirements
were addressed: requirements per the Phase B RFP and per the launch

vehicle supplier.

12w
Optional Orbiter Configurations [EI} T/D 1N 525 T/D 1 T/DH

A weight summary comparing the three optional orbiter configura-
tions relative to the preferred configuration is presented in Table 6-23.
The net allowable contingency for each of the optional configurations is
greater than that for the preferred. Only Option 1 (12 -watt fanbeam,
fanscan) and Option 2 (earth-pointing) configurations provide contingency
margins in excess of the 10.2 percent contingency factor which is assumed

required per the preliminary contingency analyses (Appendix 6E),

All the optional configurations are spin-stable and have the same
mass properties control considerations as the preferred configuration.
The detailed mass properties for the optional Thor Delta configurations

are summarized in Appendix 6H.
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. Table 6=23, Thor/Delta Optional Orbiter Configuration.
' ' Weight Comparison Summary

531 w Emw @_ E o

DESCRIPTION : T/D 11 o T/DIF T/ HI
KG 4By | kG @B | k& 4B | KG  {8)

ELECTRICAL POWER a2 @28 | 304 g9 | 0.4 (6.9) | 367 (76.4)
COMMUNICATIONS 159 @0 Hs @ | 154 Ban | 24 @ra
ELECTRICAL DISTRIBUTION , 126 @B | 12,6 @re | 2.6 (7.8 | 126 @B
DATA HANDLING 57 2.5 57 Qas| 57 (28 | 57 (2.5
ATTITUDE COMTROL 23 G| 2. s 23 G240 @7
“PROPULSION (DRY) 6.8 (4.9 68 . (49| 68 0Ln | &2 (49
SOUID INSERTION MOTOR (BURNOUT PO @G| %0 @00 | 90 @O | 9.0 20.0
THERMAL CONTROL e @o| N2 @e| Nz e | N2 s
STRUCTURE 04 ER0)| 419 GRY) | 42z G740 | 409 F0.1)
BALANCE WEIGHT PROVISION 27 WO 27 O] 2.7 @0 | 7. $.0
SPACECRAFT BUS LESS SCIEMCE (ORY) 125 (336.0) | 14.2 (95.7) | 140.4 (09.4) | M85 (327,3)
SCIENTIFIC INSTRUMERTS W3 (2.5 2.3 (6.5 | .3 (2.5 | 8.3  (62.5
¥ oseacecRarT oRY) . 1808 (398.5) | 1425 (358.2) | 168.7 (371.9) | 176.8  {389.8)
INSERTION MOTOR EXFENDABLES Bi4 (186.1)| 844 (186.1) | 8.4 (186.1) | 844  (186.1)
HYDRAZINE PROPELLANT AMD PRESSURANT | 17.4  (38.3)| 174 (0.3 | 17.4  @B.3) | 174 @83y
SPACECRAFT LESS CONTINGENCY W26 (@22.9) | 2643 (582.8) | 2703 (96,3 |24 (614.2)
CONTINGENCY [NET ALLOWABLE) 0.0 @z.0)| 283 @) 220 0 We.7r | 140 (0.8

{PERCENT OF DRY SPACECRAFT WEIGHT) {5.5%) (17.4%) (13.1%) 7.9%)
GROSS SPACECRAET AFTER SEPARATION | 292.6  {645.0) | 292.6 (645.0) [ 202.6  (645.0) | 292.6 (845.0)

6. 2. 2. 4 Electrical Design Concept @ T/D il éﬁ‘?’rm n o

The preferred Thor/Delta configuration is based on Version III
scientific instrument requireménts. The functional relationships and sub-;
system interconnections are essentially the same as for the Atlas/Céntatii'
config'uration' (ea;rth-po'inting) described in Section 6. 2, 1, 4; except for the
sélection of antennas for an orbiter spacecraft which' has the spin a;{is '
oriented normal to the ecliptic plane, Moreover, the stringent weight and
volume constraints imposed by the limited payload capability of this launch .
vehicle necessitated consideration of iighter, but possibly more cost]y-',_..

designs.

Fxgure 6-45 shows a functmnal block dl.agram for the probe bus.
A comparable drawing is given in Flgure 6-46 for the orbiter. The maJor
deviations in electrical hardware implementation and/or des1gn approach ’
for the Thor/Delta configuration are summarized in the followmg para- "
graphs; detailed discussions of the tradeoffs and analyses le-ading-td these

recommendations are provided in Section 8.

Electrical Power -

The inverter.—CTRF assembly recorhménded for the Atlas/Centaur

version is replaced with parallel redundant DC~DC equipment converters
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in a single package. Figure 6-4T'illustraf:es the concept. This selection
is dictated by the weight savings (5.' 7 kg) which can be achieved by com-
bining transformers into one multiple secondary power transformer per
channel. .The dissipative-type output regulators provide excellent dynamic
response to load variations as well as current limiting, in the event of

overload, to protect the converter.

The battery designs are similar to those proposed for the Atlas/
Centaur except with reduced capacity because of the smaller load

requirements,

Communications

The more modest telemetry transmission rate requirements
dictated by the Version IIl science payload led to an orbiter spacecraft
configuration with the spin axis oriented perpendicular to the ecliptic
plane, permitting adequate downlink coverage with a Franklin-array
antenna. Derived directly from the Pioneers 6 through 9 Program, it has
a fanbeam pattern 0. 096 radian (5. 5-degree) beamwidth with direction-
ality normal to the spin axis. Coupled with a 31-watt (minimum) power
amplifier, it provides sufficient downlink EIRP to support 8 bits/s at
maximum range when a 26-meter deep space station is used for data
acquisition. This antenna is coupled to either power amplifier via a trans-

fer switch, thus avoiding the losses associated with a diplexer or hybrid,

A shorter version of this Franklin array, incorporating half the
number of dipole elements, is tilted approximately 0. 061 radian (3. 5
degrees) with reepect to the spin axis to generate a fanscan signal ana-
logous to the conscan signal for Pioneers 10 and 11. In this case, how-
ever, the closed-loop attitude control system seeks to orient the spin axis
perpendicular to the earth-spacecraft line. This antenna, attached to the
top of the main downlink antenna, is interconnected to provide uplink

reception only,

Communication coverage during the launch phase, midcourse
maneuvers, and orbit insertion is supported by a Pioneer 6 through 9
slot array omni antenna (toroidal pattern with the axis of revolution coin-

cident with the spin axis), and an aft-facing low-gain antenna, The
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Figure 6-45. Probe Bus Functicnal Block Diagram, Preferred
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Figure 6-47. ThoriDelta Power Subsystem

Pioneer 10 and {1 high gain antenna feed has been selected to fulfill the
latter function. Both'antennas are configured to permit both uplink recep-
tion and downlink transmission. Figure 6-48 illustrates the recommended

coupling of the four antennas with the redundant receivers and transmitters.

Stringent weight constraints for the Thor/Delta configuration neces-
sitated restricting our consideration to micro-miniature transponders,
where significant.weight savings can be realized. Therefore the use of
residual Pioneer 10 and 11 receivers and drivers, wh11e cost-effective
for the Atlas/Centaur probe bus, is not recommended because of the
excessive weight (2, 7 kg differential). With this exception, the preferred
configuration for the probe bus is identical to that given for the Atlas/

Centaur.

'
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Figure 6-48. Functional Arrangement of Anlennas Preferred
: ThoriDelta Configuration
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Data Handling and Command

The functional relationship and general performance of the data
handling subsystem remain similar to those proposed for the Atlas/Centaur
configuration. However, the Version Ill science requirements closely
match the Pioneer 10 and 11 DTU capabilities, necessitating only the

inclusion of an 8 bit/s data rate.

Whereas five DSU's were required to meet the data storage require-
ments of the Version IV science payload on the Atlas/Centaur configuration,
three units provide the Thor/Delta with adequate redundancy and multiple
simultaneous buffers to the scientific instruments., Figure 6-49 illustrates

the reconfigurable redundancy approach selected.

COMMARMD
DISTRIBUTION MEMORY
Ut 1 2 3
COMMANDS COMMAND
h 4 ; 1 A DiU v RADAR/IR
MEMORY | MEMORY 7 MEMORY 3
i — — ] RADAR/IR DTU uv
F Y TT I h P.ﬂ ¥Y¥Y
c uv RADAR/IR oTL
—
DAGITAL
uv RADAR 14
L%EXMHRY SPECTROMETER ALTIMETER RADIOMETER

Figure 6-49.  Data Storage Concept, Preferred ThariDelta Configu ration

Each DSU contains two modules of 122, 880 bits each. These modules
can be chained together to form a single bank of 245, 760 bits or they can
be used independently. In this manner, all four data sources can be accom-
modated simultaneously, If a DSU fails, the instrument memory assign-
ments are reconfigured, permitting any two of the three functions, as
shown in the matrix. Redundancy is thus provided for the occultation
period information and the radar altimeter data, botl; in-line functions.
The UV spectrometer and IR radiometer experiment data return are

enhanced by the availability of the added storage.

The Pioneer 10 and 11 ordnance firing circuits, designed to operate
with 30.5 VAC (rms), must be redesigned to accept 28 VDC. Substitution
of a DC-DC equipment converter for the inverter- CTRF necessitated this

change.
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Propulsion -

The reaction control system (RCS) is configured identical to that
proposed for the Atlas/Centaur version. However, Thor/Delta missions
involve increased propellant allocation, pfimarﬂy because of larger
midcourse maneuvers required to correct the greater injection error.
The recommended tanks from the DSCS-II Program can accommodate

the increased hydrazine load.

The Hercules BE-3-A solid rocket capabilities closely appr'oxiniate
the Thor/Delta orbiter insertion impulse requirements. This motor has
a demonstrated history of flight reliability with the Vela, Ranger, Athena,
and Sparta programs, The existing design has no critical design limita-
tions which would be exceeded by Pioneer Venus requirements. Moreover,

only 4. 1 percent propellant off-loading is required.

‘Klectrical Distribution and Grounding

- Figures 6-45 and 6-46 are the electrical distribution diagrams for
‘the probe bus and orbiter, respectively. The implementation scheme is
identical to the Atlas/Centaunr (refereﬁce Figures 6-30 and 6~31) except
for 1) replacement of the inverter-CTRF with a DC-DC equipment con-
verter, and 2) substitution of tﬁe Viking transponder, which includes its
own converter, for the Pioneer 10 and 11 receiver driver, which is

dependent on conditioned secondary power,

Equipment Derivation/Status

Table 6-24 summarizes the selected hardware units for the probe
bus and orbiter spacecraft. The subsys;cem components are identified
by the categories of 1) flight-proven, developed, or 2) new. Their

previous program application is also given,

Comparison of this list with that compiled for the Atlas/Centaur
configuration (Table 6-18) reveals few changes with the exception of the
orbiter antenna complement which relies on Pioneer 6 through ¢ tech-
Izifology-. " The rh‘ajority of the recommended equipment is flight-proven‘

on previous Pioneer programs.

6-91



W
T/D 1N

Table 6=24, Equipment Derivation and Status, Preferred
Thor/Delta Configuration

) APPLICATION - . -
SUBSYSTEMACOMPONENT PROAE MANLUFACTURER STATLIS* PREVICUS USAGE MODFICATIONS REQUIRED
ORBITER
aus
COMMUNICATIONS
TRANSPONDER (RECEIVER-DRIVER} x % PHILCO-FORD 2 YIKIMG, SKYNET INCLUDE COMSCAN AGC;MINGR
IMTERFACE MODIFICATIONS
POWER AMPLIFIER (5OLED STATE) = MICROWAVE 2 COMMERCIAL POSSHLE GAIM MODIFICATION;
SEMICONDUCTOR CORP. APPLICATICNS {NCLUSION OF HIGH-RELIABILITY
AND SPACE QUALIFICATION
KEQUIREMENTS
POWER AMPLIFIER (31-W TWTA} * WATKINS-JOHNSON 1 PLOMEERS 10 AND 11 | HOME
DIPLEXER x x WAVECOM 1 PIOREERS 10 ANB 11 | NONE '
TRANSFER SWITCH % % TELEDYNE 1 PIONEERS 10 AND 11 | NONE
HYBRID COURLER % % AMAREN 2 HLONE " | SCALE FROM EXISTING L-EAND
TG S-BAND
FRANKLIM ARRAY (20 ELEMENT) x TRW ! PIONEERS & WNONE
THROUGH ¢
FRAMKLIN ARRAY (10 EtEMENT) x TRW H PIOMEERS & DELETE 10 ELEMENTS FROM
THROUGH ¢ PIOMNEERS & THROUGH &
. DESIGN
5-BAMD MEDIUM-GAIN HORM ® x TRW 1 FICIMEERS 10 AND 11 | RQT4E
FORWARD OMM| ® TRW 1 BIOMEERS 10 AND 1T | BIGHE
AFT Gt x TRW 1 DEFENSE SUPPORT NGT APPLICABLE
FROGRAM
DATA HAMDLING
DIGITAL TELEMETRY UNIT % x TRW 1 PIOMEERS 10 AND 11 | REDUCE LOWEST BIT RATE FROM
14 70 B BITS/S; PROVIDE GROUMD-
COMMANEED TWO-LEVEL MOBU-
LATICH [WDEX CONTROL
DATA STORAGE IMIT x TRW 3 NONE NEW DEVELOPMENT USING
. EXISTING TECHNOLOGY
€ CMMARD
DIGITAL DECODEFR UNIT x * TRW 1 PIONEERS 10 AMD 11 | NONE
COMMAND DISTRIBUTION UNIT x * TRW 1 BHOMEERS H) AMD 11 [ AUGMEMT ORDNANCE FIRING
CIRCUITS; INCREASE C OMMAND
STORAGE CAPABILITY; ADD ORBIT
INSERTION MOTOR FIRING LOGIC;
REVESE ORGMAMCE FIRIMG CIR-
: CUITRY TO LISE BC VOLITAGE
THERMAL
LOUVERS “ = TRW z HELIOS SIX-BLADE ASSEMELY, MOME;
FOUR-BLADE ASSEMBLY, LOWER
ASSEMBLY SHORTENED
INSULA TR * X RW 2 PIONEERS 1U AMD 11| DESIGNED FOR SPECIFIC
: APPLICATION
HEATERS x x ELECTRO-FiLM 2 PROGRAM 16% NONE
ELECTRICAL FOWER
SOLAR ARRAY x * TRW ? DEFEMSE SUPPORT SIMILAR TQ DEFENSE SUPPORT
PROGRAM PROGRAM WITH DIFFERENT COME
ANGLE
BATTERY x TRW 2 DEFENSE SUPPORT MEW DESIGN BASED ON DEFENSE
FROGRAM, DSCS 1l | SUPFORT PROGRAM AND DSCS {1
TECHNOLOGY
BATTIRY x EAGLE PICHER 3 MMC IRAD Ag-Zn NEW DESIGH; SAME CELLS AS
FOR PROBES
POWER CONTROL UMIT x M TRW 2 PIONEERS 10 AND 11| REDESIGN CHARGE/DISCHARGE CON-
TROLS; MODIFY BUS FILTER/TELEMETRY,
COMMAMD 5LICES
SHUNT RADIAT OR % x THERMAL SYSTEM 1NC. 1 PIONEERS 10 AMC 11§ MONE
EQUIPMEMT CONVERTER x » TRW 2 FIONFERS 10 AMD 11| SECOMDARY QUTPUT YOLTAGE CIk-
CUITRY SIMILAR 1O PIONEERS 10
AMD 11 CTRF
FROPULS IO .
PROPELLAMNT TARNKS * x PRESSURE SYSTEMS INC, 1 DSEs-1 DELETE BLADDER; MODIFY MOUMIIMNG
ARRAMGEMENT
THRUSTERS x x TRW FLTSATCOM NONE
PRESSLRE TRANSDUCER x % STATHAM INSTRUMENTS 1 PIONEERS 19 AMD 11| NONE
TEMPFRATURE TRANSDUCER x % ROSEMOMT ENGINEERING] 1 PIONEERS 10 AHD 11| NONE
ROCKET MOTOR « HERCULES BE-3-4 1 VELA 4.1 PERCEMT OFF-LOADIMNG
{CRBITER GNLY)
ATTITUDE COMIROL
COMTROL ELLCTROMICS ASSEMALY x x TRW 1 PICNEERS 10 ANMD 11| STELLAR REFEREMCE ASSFMEBLY LOCIC
DELETED; ADD RECUNDANT SUN
SENSOR LOGIC; ADD VALVE DRIVER
LOGHC
SUN ASPECT SFNSOR % x TRW 1 IMTELSAT [} MODIFY MASK FIELD OF VIEW FOR
IMPROVED ASPECT AND ROLL
ACCURACY
COMSCAN PROCESSOR x TRW ! PIONLERS 70 AND 11} {DENTICAL TG PIOMEERS 10 AND 11
COMSCAN PROCESSOR EXCEPT CON-
FIGURF TO I5SUE FIRING PULSES
EVERY TWO SPACECRAFT REVOLU-
TIONS {JUMPER WIRE CHANGE)
STRUCTURE AMD MECHANISMS
STRUC TURE * x TRW 3 NEW EXISTIMG SPACECRAFT CONCEPIS
NUTATICN DAMPER = x TRW 3 NEW SIMILAR TO METEOSAT DESIGM
MAGNETOMETER BOOM x x CELESCO 3 NEW BASED OM VIKING BOOM CESIGN
RELLASE MECHARISMS
BALL LOCK MECHAMISM x 1 MIMUTEMAN NONE
PROGRAM
PIN PULLERS 5 TRW 1 PIOMEERS 10 AMND 11| MNONE

+ | = FLIGHT PROVEM; 2 = BEVELOPED; 3 = MEW
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6.3 MISSION RELIABILITY

6.3.1 Probe/Bus Mission Reliability

The success probability for the five system (probe bus, large probe,
and three small probes) probe bus mission is dependenf on the reliability
of each of these systems and the success criteria defined for the large and
small probes, respectively. The -relia.b:i.lity of the probe bus, the large
probe, and each of the small probes is 0,952, 0,945 a.nﬂ 0.964, respec-
tively, for the nominal 110-day mission, The success criteria for the
large and small probes have not been 'deterr.nined; therefore, Tables 6-25
and 6-26 have been prepared showing the mission probability for each of
the possible success criteria.. Figui‘e 6-50 indicates the z-eli.ab.":.l:;.i:yr model
used in c;.lcula,ting the mission probabilities for Table 6-25, and Figure
6-51 indicates the reliability model used in calculating the mission proba-

bilities in Table 6-26,

Table 6-25. Probe Mission Reliability These models show that
(Large Probe Mission-Critical) 5 Table 6-25 the large

. RELABILITY probe is taken to be mis-
| N‘EJ‘:‘?J’ER MISSION DEFINITION T ' . . .
THOR/DELTA ATLAS/CENTAUR sion critical while in
! PROBE BUS 0.952 o952 '
. Table 6-26 the large
2 PROBE BUS AMD LARGE PROBE 0.920 0,900
3 PROBE BUS, LARGE PROBE, AND AT 0.920 0.500 probe is taken to be non-
_ LEAST ONE SMALL PRORE A
" PROBE BUS, LARGE PROBE, AND AT 0.918 0.89% mission critical,
LEAST TWO SMALL PROBES
5 PROBE BUS, LARGE PROBE, AND ALL 0.842 0.816 . .
© SMALL PROBES The mission time
MISSION TIMES ‘ . profile for the large
BUS: 110 DAYS be is 110 d . g
LARGE PROAE: * B3 DAYS INACTIVE, 25 DAYS COAST, AND 1,1 HOURS ACTIVE. probe 1s 4ys 1nac-
SMALL PROBES: - B9, 73, 97 DAYS INACTIVE; 21, 17, 13 DAYS COAST, RESPECTIVELY, . :
AND 1.1 HOURS INACTIVE. tive (standby) and 1,1

N hour active. However,
Table 6-26. Probe Mission Reliability (Large

the pi i
Probe Non-Mission-Critical) © plece parts in the,

isolated, independently

Cast SSION DEFIN(TION e
MisS| m . .
NUMBER 7 THOR/DELTA ATLAS/CENTAUR powered main bus acti-
1| erowERus | 0.952 0.952 vation circuit are acti-
1 PROBE BUIS AND AT LEAST ONE SMALL 0.952 0.952 '
PROBE vated at probe release .
2 PROBE BLIS, AND AT LEAST TWO SMALL 0.950 0.948 .
PROBES 25 days before encounter,
3 PROBE BUS AND ALL SMALL PROBES 0,472 - 0.858 . .
The impact on reliability
MISSION TIMES £ ) ..
BUS: #5 TO 110 DAYS ‘ of these parts is insig-
SMALL PROBES: 89, 93, 97 DAYS INACTIVE: 21, 17, 13 DAYS COAST, RESPECTIVELY, . o .
. AND 1.1 HOURS INACTIVE. nificant since they are

o backed up by redundant
6-93 "g'" switches,’



SMALL SMALL

’ PROBE PROBE
I R« 0,954 R~ 0.964
PROBE SMALL
prose | | rarce SMALL
BUS PROBE PROBE BUS PROBE
R = 0.952 R = 0.945 R- 0,952
SMALL SMALL

PROBE PROBE
ITY CONFIGURATION IS SMALL PROBE RELIABILITY CONFIGURATION IS
émﬁgggf%ﬁlgﬁgéess CRITERIA = FROM ONE OF DEPENDENT OM SUCCESS CRITERIA ~ FROM ONE OF
THREE REQIUIRED TO ALL THREE REQUIRED (SEE TABLE 6-25) THREE REQUIRED T ALL THREE REQUIIRED (SEE TABLE 6-26)
Figure 6-50. Atlas/Centaur Probe Mission Reliability Diagram Figure 6-51. Allas/Centaur Probe Mission Reliability Diagram
(Probe Bus and Large Probe Mission Critical} _(Probe Bus Only Mission C riticai}

The small probe mission profile for Tables 6-25 and 6-26 is 110
days inactive (standby) and 1.1 hour active, The three small probes each
have the same type timing circuit as the large probe with backup 'g"
switches and are released 21, 17, and 13 days prior to entry, respectively.
Again the timing circuits have insignificant impact on reliability due to
redundancy. ‘

Tradeoff studies and launch vehicle impact are discussed in the

probe and probe bus sections that follow.

6. 3.2 Probe Reliability ALLPROBE CONFIGURATIONS

The reliability study tasks involved: identification of critical items/
single failure points; reliability versus failure resource resolution studies
(weight and volume); and active participation during the system configura-
tion trades via reliability assessments, as noted in Figures 6-52 and 6-53,
Failure mode and effects analysis efforts are noted in Appendix 6I. These
efforts were instrumental in guiding the probe design to produce the highest
reliability at minimum weight and volume resource costs. The achieved
resource cost effective basis is indicated by the fact that further failure
resource resolution expenditures are large, likelihoods of failures are

small, and reiiability gains are insignificant.

The reliability of the electrical power subsystem received major
attention because of its critical nature and the weak link status of the bat-
tery. Analysis was made of the Pioneer 10 and 11 type active battery cell
bypass circuitry, passive battery cell bypass diodes, 13-cell battery with
external electronic discharge regulation, and battery cell out (short) capa-
bility. The leakage current of the Pioneer 10 and 11 type active battery
cell bypass circuitry demands power ‘throughout the mission {costing signif-

cant weight) and was therefore deleted from further consideration. The
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passive battery cell bypéss diodes répre'sented an expenditure of 0. 13 kg
.and 98. 32 cma' per battery for an ihsignificant reliability increase and were .
deleted from further consideration. The 13-cell battery with external elec-
tronic discharge regulation represented an expenditure of 7. 62 kg for the -
large probe and 3,23 kg for the small probes with lesser rei,iability‘than the
baselined battery configuratidn. The baselined probe conﬂgurations; incor-
porate batteries of 20 cells sized with margin such that externai électz"‘onic
disc.harge regulation is unnecessary and any cell short failure fioes not

compromise mission success,

The mission success considerations centered on the stated scientific
objectives of the probe mission. The NASA Ames Research Center ”R__eq'uiré-
ments for Pioneer Venus Mission Systems Design Studr-y” and '""Statement of
Work" defined the scientific objectives of the multiple-probe mission as
invéstigation of the dense regions of the Venus atmosphere to determine the:

1) Nature and composition of the clouds (100 km to surface);

2) Comp051t10n and structure of the atmosphere to the surface
(> 100 km to the surface);

3) General circulation pattern of the lower atmosphere;

4) Characteristics of the planetary environment interaction with the
interplanetary medium and by cursory investigation, the composi-
tion and structure of the ionosphere (> 100 kmm <7500 km).

These mission objectives were considered in the light of the Version

IITI (December 1973) probe nominal payloads. These considerations led to
the instrument relationships and contributions to mission objectives per
Table 6-27,

These .considerations, relationships, and qbntributions indicate Mis -
sion Objective Success satisfactions due to obtainments of the various
autonomous instruments/probes. These contribution bercentages were
based on value estimates to the mission objectives and the projected degree
of contribution to the mission objective should a giver instrument on a given
probe be obtained. The major contribution of a figure of this type lies in
the indication of potentials for partial mission objecti\'r-es successes (with/
without give_n objectives 1, 2, 3, 4--with/without given probes--smalll probe
1, small probe 2, small probe 3, large probe). Whereas, a standard figure

would portray only total success (all objectives and all probes). These con-
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Table 6-27. Version III Nominal Payload Instruments
~ Related to Objectives ' :

[a]
< INSTRUMENT ‘ ORJECTIVE
8 RELATION/CONTRIBUTION RELATION/CONTRISUTION RELATION/CONTRIBITION RELATION/CONTRIBUTION,
: LARGE PROBE ) 1 2 3 4
a PRESSURE, TEMPERATURE >} 20% D 4% o 4% |
3 ACCELEROMETERS | o 15% ] D 15%
.= | MASS SPECTROMETER b 1% o 19% ] I
W [ CLOUD PARTICLE ANALYZER D [ M ' N
€ | SOLAR FLUX RADIOMETER o £ I ' N
@1 RANETARY FLUX DETECTOR D % 1 ' Y
=1 AwrReOLEEXTINCTION DETECTOR D L3 ] D 5% N
= TRANSPONDER 1 1 0 15% )
© ]  NePHELOMETER D 0% M 1 N
g HY GROMETER b > D % 1 N
W | SHOCK LAYER RADIOMETER 1 o 2% N o %
3 SMALL PROBES (3)
=J | PRESSURE, TEMPERATURE o .3 D % D B% ]
L1 NermeLomene ] ™ M 1 N
ACCELEROMETER | D 5% | o 2%
MAG NETOMETER N N M D h s
2 1%
: 3%
STABLE OSCILLATOR N 1 o SIRE N
. f2 1%
LT
1OTAL 100% 100% 100% 100%
D: DIRECTLY RELATED
l: INDIRECTLY RELATED
N: LITTLE OR MO RELATION
@ T/DIl} siderations also involved the probe's Venus encounter mission phases/
!:uw events and the state of probe science, systems, and timer/programmer as
T/D i

tabulated:

VENUS ENCOUNTER MISSION PHASES/EVENTS

[> BUS/LARGE PROBE AND SMALL PROBE SEPARATIONS
SCIENCE - OFF TIMER/PROGRAMMER - ON
SYSTEMS - OFF

b PRE-PLANET ATMOSPHERIC ENTRY
CHECKQUT AND PREPARATION
SCIENCE - ON ACQUIRE DATA
SYSTEMS - ON

b ENTRY

ACQUIRE DATA TRANSMIT DATA
STORE DATA

b HIGH ALTITUDE DECELERATION
STORE ACCELERCMETER DATA
IN BLACKOUT MEMORY

B UNCOVER INSTRUMENTS/EXPERIMENTS
@ HIGH ALTITUDE DESCENT

ACQUIRE DATA TRANSMIT DATA
STORE DATA

[> VENUS DESCENT
ACQUIRE DATA  TRANSMIT DATA
STORE DATA

I} LOW ALTITUDE DESCENT

ACQUIRE DATA TRANSMIT DATA
STORE DATA

e Snenin o - g
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@ T/B 1l The consideration of these mission objectives disclosed their fﬁultifaceted

4_._[__:3:,;

w
T/D I

<1 INSTRUMENT i OBJECTIVE ) oy :
3 RELATION/CONTRIBUTION | RELATION/CONTRIBUTION [ RELATION/CONTRIBUTION |RELATION/CONTRISUTION |
: LARGE PROBE . T 2 : C g : e
o PRESSURE, TEMPERATURE 2] -7 [ T o 24% ' '
3 ACCELEROMETERS ! ' ] 15% 1 D 55%
= | NEUTRAL MASS SPECTROMETER D 1% o 15% 1 i -
W CLOUD PARTICLE SIZE ANALYZER | o % N I ‘N ;
Q)  SOLAR RADIOMETER D oW I 1 N
D1 & rLux famiQMETER D o ) i N
2 HYGROMETER D k3 [ =% I N
2 WIND ALTITUDE RADAR S Co. I L] 1% ‘N
o GAS CHROMATOGRAPH D » b 5% l .
B2 N smaw proses ‘
g PRESSURE, TEMPERATURE [+ % o 8% D % -
4 NEPHELOMETER D % N I ™
- ACCEL EROMETER I ] 4 1 D 15%
< STABLE OSCILLATOR N 1 o 1 g% N
12 1%
' £ 10%
IR FLUX DETECTOR - D % ] 1 : N
TOTAL L 100% ] T ; T 100% - IR 0%
D: DIRECTLY RELATED
) INDIRECTLY RELATED
N: LITILE OR NG RELATION -

nature due to the interest in atmospherlc structure compositicn and distri-
bution. Theséd. 1nterests dictate wide 1at1tude and longitude dlsplacement of
probe targetlng w1th several different sets" 1nvest1gated as noted in para-
graph 4, 2. 2. Thus ‘in consideration of the mission objectives and" the probe
targeting dlsplacements, the probes should be cons1dered both complemen— :

‘tary and supplementary.

The conclusion to be drawn from these efforts is that the ind’i\':?ideal

ty

instrument large probe/small probe associations with relationships. to the

mission objectives means that each of the -mission;objéctive_s can bé individ-

ually satisfied to some degree despite loss of any in‘,si:rumept(s)u andfor ’

probe(s).
These same efforts were unaeftéken for the Ver'sio‘n'IV (April 1974).
probe nommal payloads and are evidenced in Table 6-28 (smmlar to Table

6-27). To Supplement these tables, Figure 6-54 portrays the mission ob-

: Jectlve data contrlbutlon of the large and small probes.

 Table 6-28. Version IV. Norrnnal Payload Instruments
' Related to ObJectwes
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Figure 6-54. Mission Objective Data Contribution Large Probe/Small Probe

6.3.2.1 Probe Reliability, Thor/Delta < % TR O T/O1N

The estimated reliability of the baselined T_hor/Delta large and émall
probe is 0, 966 and 0. 971, respectively. Details for these estimates are
giveﬁ in Figure 6-52. The baselined configurations represent weight/
volume resource expenditures of 0.39 kg/96.19 cm3 for the large probe and
0.20 kg/62.11 e’ for the small probe to incorporate redundancy. This
resource expenditure was used to provide battery cell out (short) capability;
redundant power transfer relays, pyrotechnic initiators, and g switches;
and bus/probe power isolation diodes. Additional expenditure of failure
resolving weight/volume resaurces could only be justified by significant
contribution to mission success. The baselined probe configurations are
such that the remaining failures are very unlikely and thus no significant

contribution to mission success remains.

Power
Power Control Unit This unit is fairly costly in expenditure
{Safe and Arm Relay) of resolution resources as three relays

would be required to assure failure free
arm and safe functions (delta 0, 10 kg/
40. 96 cm3). With small probability of
failure (5710 000), such expenditure is
unjustified,
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Data Handling and This unit is highly costly in expenditure

Command of resclution resources. However,
redundancy would take care of three
catastrophic single failure functions and
must be considered. Active data hand-
ling command redundancy is precluded.
because of multiple voting fault isolation
and switching, additional power, and
additional thermal requirements penal-
ties. . Thus, only a standby data handling
command with selection opted at presep-
aration checkout and no redundancy after
‘separation would be feasible. The
resource penalties are excessive to
resolve a 3/1000 chance of failure.

Communication Each single failure point unit, except
- " the antenna, could be eliminated by
standby block redundancy. However,
resource penalties are large and RF
power loss/switching considerations
. would have to be resolved., Expenditure
of resources to correct these units with
small likelihood of failure is unjustified.

Decelerator - | The decelerator subsystem and each of
‘ o ' its elements comprise single failure
points. However, a single chute system
is the simplest, lightest, and most cost-
effective configuration that can be adap-
ted and possesses sufficient reliability
to justify same. Whereas, completely
redundant and multiple parachute systems
involve entanglement problem.considera-
tions. :
@ acm O arcim
6.3.2.2 Probe Rellablhty, Atlas/Centaur {}NC v OAacv

From a rellablllty standpomt the Thor/Delta and Atlas/Centaur
probes were basically alike. The primary difference involved the electrical
power batteries'x aed communication power amplifier.s In the intefest of |
commonality, the Atlas/Centaur large probe used two each of the small
probe batteries and power amplifiers, both being necessary for total m1ssmnl _
success. These batteries were configured of 20 cells sized with margin
such that (1) ext.ernal discharge regulation is unnecessary, (2) any cell
short failure did not corﬁpromise mission success, and (3) any cell open |
failure in the lai'ge probe was not catastfophic with another battery remain-
ing. In addition, the large probe batteries could be considered redundant |

for 50 percent mission success,
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The estimated reliability of the baselined Atlas/Centaur large probe
is 0. 945/0, 948 [total/50% mission). The estimated reliability of the base-
lined Atlas/Centaur small probe is 0. 964, Details for these estimates are
given in Figure 6-53, The baselined configurations represent weight/
volume resource expenditures of 0. 84 kg/201,73 cm3 for the large probe and
0.46 kg/110. 78 cm3 for the small probe to incorporate redundancy. This
resource expenditure was used to provide battery cell out {short) capabiiity,
redundant power transfer relays, pyrotechnic initiators, and g switches,

and bus/probe power isolation diodes.

The Thor/Delta position regarding additional expenditure of volume/
weight resources is discussed in paragraph 6.3.2.1. The same rationale,
except for the decelerator subsystem, is applicable for Atlas/Centaur.

The decelerator subsystem on the Atlas/Centaur large probe is a two-chute
system (pilot and main) due to the required main chute size and each of its
elements comprise single failure points. However, a single pilot chute and
single main chute is the simplest, lightest, and most cost effective configu-
ration that can be adapted for a two-chute system and possesses sufficient
reliability to justify same. Whereas, completely redundant and multiple

pilot and main chutes would involve entanglement problem considerations,

6.3.3 Probe Bus Reliability ALL PROBE CONFIGURATIONS

6.3.3.1 Tradeoff Studies @ T/D I

For the Thor/Delta launch configuration, a weight/reliability trade-~
off study was performed to optimize the probe bus within launch vehicle
weight constraints, The study used a programming technique that consid-
ers all possible combinations of weight and reliability. The criteria for
the optimum design for the probe bus was minimizing single-failure points
and judicially adding redundancy to maximize reliability improvement per
unit of additional weight., Figure 6-55 plots reliability versus weight for
optimum redundancy configurations, with optimum configurations defined
as those providing the greatest increase in reliability for the additional
weight of redundant units. The redundancy configuration for each labeled

point on the curve is shown in Table 6-29.

6=102



1.00

0.97

- ® __@)
@ D=
G ,%1'—' BASELINE

0.73 el d | 107,41 KG ——
? . (236.8 LB)
pr
@/'

0.89 S

RELIABILITY

0.85 L
~4.53 23.63 ~272 S1.8) -0.51 a (KG)

DRY WEIGHT CHANGES FROM BASELINE

[ | ! 1 I L )
-1z 0 - . 8 -6 ) R a L8

Figure 6-55. Reliability/Weight Tradeoff Curve for Thor/Delta Probe Bus

Table 6=29, Redundancy Configurations Based
_on Optimization Curve

orTIAIZATION INCORPORATED REDUNDANC Y
CURVE :
REFERENCE - | rpansmitier | RECEIVER Ai;gf@musx s | o1uj oou icou
i - ‘ NONREDUNDANT >

2 X

3 X X

4 X X X

5 . X x x| x

& X X X X X

7 % X X x| x

8 % x X X x| x

3 X x x X x| x| x

6.3.3.2 Thor/Delta Configuration

The reliability block diagram for the probe bus Thor/Delta config-
uration is shown in Figure 6-56. The key reliability features are listed in

Figure 6-57.

The communication subsystem configuration is redundant except for
those items which cannot be made redundant, i.e., hybrids, transfer
switches, etc. The receivers are in active redundancy and each has a
. dedicated converter, The transmitters are standby redundant with each
transmitter having a dedicated converter. The transmitter power ampli~
fiers are in standby redundancy. Although there are several antennas on
the spacecraft, they are not considered redundant since each is used for

spe?.::i.fic purposes during the mission.
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The command and data handiing subsystem is primarily based on
the Pioneers 10 and 11 design., The digital decoder units {(DDU) and com-
mand distribution unit (CDU) employ active redundancy; the digital tele-
metry unit (DTU) incorporates standby redundancy. KEach unit receives
power from one of the two central converters with no redundant units

receiving power from the same converter,

The attitude control subsystem is completely redundant except for
the program storage and execution subassembly (PSE) which is required
for only 50 hours during the mission, The PSE functions, if necessary,
can be performed by ground command., The sensor and power control
subassembly (SPC) is internally redundant and receives cross-strapped
power from the redundant central converters with isolation provided within
the SPC, The duration and steering logic subassemblies {DSL.) are in
standby redundancy and the sun sensor electronics and sensors are inter-
nally redundant, All units receive power from the cross-strapped redun-

dant central converters through the SPC,

The electrical power subsystem is designed for maximum reliability
within the weight constraints and requirements of the system, The solar
array hag a 0.99999 probability of supplying 96.6 percent of the available
power which is 1.6 percent greater than the requirement for 95 percent of
the available power, The 13-cell silver-zinc battery retains commonality
in design between probe bus and the small probe battery design. The bat-
tery is required for approximately one hour near earth and for the rest of
the mission it will be open-circuited and commanded on-line only during
pulse load requirements. The shunt radiator has built-in redundancy and

the power control unit (PCU) is internally redundant,

The propulsion subsystem has redundant thrusters and valve drivers
for precession, AV, spin, and despin. A failure of the tank pressure
transducer is not mission critical as long as it does not fail in the leakage
mode, since propellant usage can be analytically determined, The propul-

sion tanks and lines are single-point failures.

The structural/thermal subsystem can tolerate one failed louver
without causing thermal imbalance. The deployment mechanisms for the
large probe are ball lock devices which have demonstrated high reliability
on the Minuteman program, However, each of the ball locks will be acti~

vated by redundant squibs, deviating from the gas generator approach
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Figure 6-57. Key Reliabllity Features

used on Minuteman, This is not believed to adversely affect the reliability.
Redundant firing circuits, identical to those on Pioneers 10 and 11, will

be used to activate the squibs. The umbilical from the probe bus to the
large probe will be severed by a cable cutter having redundant squibs
activated by redundant firing commands., The small probes will be
released by two pin pullers sequentially fired to relax the strain energy
prior to deployment, Each pin puller has redundant squibs activated by
redundant firing commands. The small probe umbilicals will be severed

like the large probe umbilical.

The system level failure modes and effect analyses (FMEA) is pre-
sented in Appendix 6, 3] and identifies each of the system level single-point
failures.

6.3.3.3 Atlas/Centaur Configuration IBAIC n

The reliability block diagrams and model for the preferred Atlas/
Centaur configuration is presented in Figure 6-58., The reliability criteria
used to optimize the design was the elimination of single-point failures.

No reliabilily versus weight optimization analysis was performed since the

Atlas/Centaur configuration is not weight constrained.

From a reliability standpoint the only changes between the Thor/
Delta and the Atlas/Centaur configurations occur in the electrical power

and communication subsystems. Inthe electrical power subsystem, the
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Figure 6-58. Atfas/Centaur Probe Bus Reliability Block Diagram
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IB A/C I DC-to-DC converters are replaced by an inverter and central-transformer-
rectifier-filter (CTRF) as utilized on Pioneers 10 and 11, Redundant inde-
pendently.isolated secondary power will be provided to each of the redun-
dant units except for the attitude control subsystem, which receives
redundant cross-strapped secondary power. The change in the communi-~
cation subsystem is that the receivers and transmitter drivers with dedi-
cated converters used on the Thor/Delta configuration will be replaced by
Pioneers 10 and 11 units. These receivers and transmitters require
secondary power which is provided by additional CTRF outputs. However,
even with these changes'the probe bus mission reliability for the Atlas/

Centaur and Thor/Delta cenfigurations is approximately the same.

The FMEA is presented in Appendix' 6.31 and identifies each of the

system level single-failure points,

6.3.4 Orbiter Reliability ALL ORBITER CONFIGURATIONS

The orbiter mission is for 425 days and mission reliabilities are
0,906 and 0,925 for the Thor /Delta and Atlas {/Centaur launch vehicle con-
figurations, respectively, The transit time for each case was assumed to
be 200 days with the remaining 225 days in orbit, Each orbiter design is
derived from the related probe bus design with minor configuration changes
in the electrical power, data handling, and communication subsystems to
accommuodate unique mission requirements, - The basic weight versus
reliability optimization performed for the Thor/Delta configuration is valid
for the orbiter to determine redundancy levels since the same basic equip-

ment is utilized.

6.3.4.1 Thor/Delta Configuration z% T/D 1

The reliability block diagram for the Thor/Delta configuration is
shown in Figure 6-59, The Thor/Delta orbiter reliability model includes
the following changes to the probe bus design that impact reliability,

® The electrical power subsystem has a different solar array
design which has a 0,99999 probability of delivering 97 percent of
the available array power (95 percent of available power is
required). A nickel-cadmium battery replaces the silver-zinc
type., During the first part of the Venus orbit mission the battery
experiences a 30-percent depth of discharge, During this period
there is very low probability of losing the battery due to a cell
short. After 165 days of the Venus orbit mission, and for a
period of 25 days, a very high depth of discharge occurs (80%)
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and there is a high probability of losing the battery due to a

cell short. This would result in loss of data during eclipse. The
last part of the mission which occurs in full sunlight would not be
affected,

e Three data storage units (DSU) were added to the data handling
subsystem. Two of the three units are required for the first 40
days; only one of three is required for the remainder of the
mMilssilom,

e The communication subsystem replaces the solid-state trans-
mitter amplifier with TWTA's. In addition, the medium-gain
antenna is replaced by high gain antennas with fanbeam and fan-
scan, A conscan processor has been added for attitude deter-
mination. The processor is not mission critical since the atti-
tude determination could be performed using ground backup
operations, if necessary.

12w
6.3.4.2 Atlas/Centaur Configuration A/C I

The reliability block diagram for the preferred earth-pointing orbi-
ter configuration is shown in Figure 6-60, The Atlas/Centaur orbiter
reliability model is the same as for the probe bus (reference Section

6.3.3.3) except for the following changes:

e The electrical power subsystem has a different solar array design
which has a 0.9999 probability of delivering 97 percent of the
available array power (95 percent of available power is required).
A nickel-cadmium battery replaces the silver-zinc type. During
the first part of the Venus orbit mission the battery experiences
a 30 percent depth of discharge, During this period there is very
low probability of losing the battery due to a cell short. After
165 days of the Venus orbit mission and for a period of 25 days a
very high depth of discharge occurs (80 percent) and there is a
high probability of losing the battery due to a cell short. This
would result in loss of data during the eclipse, The last part of
the mission which occurs in full sunlight would not be affected,
The transmitters and receivers have their own converter, elimi-
nating output requirements from the CTRF, but additional CTRF
output are required for the DSU's and conscan.

e The attitude control subsystem has an added platform for the
radar altimeter which requires a gimbal drive and redundant
gimbal drive electronics which are activated periodically during
Venus orbit,

e The data handling subsystem has added five data DSU's of which
four are required for the first 40 days and three are required for
the remainder of the mission,

@ The communication subsystem has dedicated converters for the
transmitter drivers (one active, one standby), and for the
receivers (both active), Also, a high-gain earth-pointing antenna
has been added. '

6-110



E 12w
A/C 11
= 2499 ‘ A= 970 »=3812 A = 1080 A = 2000 A= 278 PRI A=12,795
5V HIGH TRF (LESS
. RECEIVER CONVERTER . || INVERTER
= TRF DDU (A TRE = couA POWER | HIGHIPOWER BTU
»=80 A-80 r=32 A =200 w Q] . —I @ _ REGULATCRS REGULATOR)
FoRwaRD . || AFT | | oieexe || reansrm . o
OMNI OMNI @ SWITCH (1) s
‘ ' ‘ : +5V HIGH POWER TRF {[ESS +5V
R = 0,99919 R =0.99518 R = 0.99935 R = 099900 RECEIVER | | CONVERTER TRE pou m 1RE CDu B REGULATOR | I HiGH|POWER | chTrE,JmDv) INVERTER
{8) (8} {STANDBY) REGULATOR) ’
L™ g j
. - _ v R > D,99999
R = 0.99937 . R=0.99773 R=10.99904 R=10,98872
i
X = 1588 = 5028 » = 1084 A=b69 = 0.992 EFFECTIVE
INTERMALLY ' PLATFORM
TRF SUN SEMSOR SUN
L REDUNDANT DSt A= 5126 ELECTRONICS [} SENSOR = 4530 e oncs [ A= 45
CONSCAN
PSE PLATFCRM
SPC {(MISSION -
. {NOTE3) NONCRITICAL) DRIVE
SUN SENSOR PLATFORM
TRE R =0,99959 DSL R =0,99381 ELECTRONICS | SUN R = 0.95485 DRIVE ELECT 5% DUTY §YCLE
QureLT I (STAMDRY}Y : (ACTIVE) SENSOR STANDBY R= u'm.
R= 0.79974 - ~ v = R=0,
R = 0,99860 PPy —— 99994
— DSU A -
A=23 %=1115 . » = 3681 =585
: = = =8 ‘
§-BAND POWER COMVERTER TRANSMITTER = ~
A=70 A=23 A =90 A =201 ' HYBRID 1 AMPLIFIER X =201 ¢ DRIVER do = 12 A =105
AFT | | HIGH GAIN | | TRAMNSFER R=0,99977 . TRAMSFER || | | SOQUAR | | BATTERY | | KARNESS |
HORM | HYBRID ANTENNA SWITCH 5) : SWITCH (1) osuc ARRAY 16 CELLS ‘
F= 0.9595 R=0.59977 % = 0.99908 f - 0.96980 SLBAND POWER R = 0.9990 CONVIRTER | | TRANSMITTER R =0.90999 R = 0,99799 R = 0.99958
STANDBY -
' ANDBY . - td  oosup =
. R=0.99%%3 . k=0.99819
. : _ : ‘ ‘ . DSUE —
. R= 0.9672% (NOTE 7)
1
X =331 (TIME) X =331 (TIME) % = 331 (TIME) X =331 (TIME)
=146 (CYCLE) =144 {CYCLE) X = 148 (CYCLE) N= 166 {CYCLE)
' INTERMALLY PRECESSION 1 av SPIN DESPIM : _ B
APPORTIOMNED REDUNDANT =35 A=68.4 A=70 A=87 - THRUSTER THRUSTER THRUS TER THRUSTER k=56 ([CYCLE) A=7
SHUNT PRESSURE L_ FILL AND CONNECTIONS - THRUSTER THRUSTER
CTRF | raDiATOR | PCU | TRANSDUCER TANKS L1 DRAIN VALVE, $ AND R =0.99333 FAIL TO —  LEakaGe |
ASSEMBLY {1} ) CAPPED (Q) MANIFOLDING CLOSE @) RDY (8)
- = - - - =0 G PRECESSION AV SPIN DESPIN R =0.99108 R =0,79943
 DETWEEN R=:1,0 R = 0,99783 R =D,99995 R = 0,99930 R =0.99999 R =0.99911 A T sTER RUSTER D
COMPONENTS
R = 0,999 R = 0,99996 R = 0.9999% R =0,999%
' QRBITER RELIABILITY = 0,908
A = 20 (NOMN-OPERATING) ASSUMPTIONS:
R = 0,995 (ONE SHOT) 1. MISSION TIME: 425 DAYS
ORBIT ‘ 2. TRANSITTIME: 212 DAYS .
a | | DEPLOYMENT
7| INSERMION . STRUCTURE THERMAL MECHANISM 3. PSE ONLY REQUIRED FOR 50 HOURS (ACTIVE} PLUS ) HOUR.PER ORBIT
4. THE CONSCA NSIDERED MISSI
T 0.99401 Y —ye —y . THE CONSCAN i5 €O MISSION NONCRITICAL
5. FAILURE RATE (A) IN FAILURES PER 10° HOURS
4. DSU TRANSIENT 200 DAY STANDBY; 55 DAYS 4 OF 5 REQUIRED FOR B HOURS ACTIVE 16 HOURS $A
STAMDEY; 170 DAYS 3 GF 5 REQUIRED FOR 8 HOURS ACTIVE 16 HOURS STANDEY .
7. PIONEER 10 AMD 11 FAILURE RATE
8. STANDEY K FACTOR OF 1D PERCENT
3 . . .
Figure 6-60. Atlas/Centaur Orbiter Relibility Block Diagram
EQLDOUT FRAME 4 R
S ; ‘ =111 DOUT FRAME 4
| b T
i
i



