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parts, materials, processes .. . 

probe mission spacecraft 
, . 

photomultiplier tube , , , . . . , , . . . . ~ 

. : .  I ;-. . . , , ,. . , '  

parts per million , . .  , , ; , P , ,  . 
pulse position modulation' ' ' ' .' 

, .  , 
.! ( 

. . , ,:: :! . . 
process requirements 

. . . , . ,. . .: . .  .. . . .  2 : '  . . .  
programmable' read-only memory 

program storage and execution assembly 



PSIA 

PSK 

PSU 

PTE 

QOI 

QTM 

R CS 

REF 

R F  

RHCP 

RHS 

RMP-B 

RMS 

RMU 

ROM 

RSS 

RT 

RTU 

s 
SBASI 

SCP 

SCR 

SCT 

SEA 

SFOF 

SGLS 

SHIV 

SLR 

SLRC 

pounds per square inch absolute 

phase shift key 

Pioneer Saturn-Uranus 

probe test  equipment 

quality operation instructions 

qualification tes t  model 

reaction control subsystem 

reference 

radio frequency 

right hand circularly polarized 

reflecting heat shield 

Reentry Measurements Program, Phase B 

root mean square 

remote multiplexer unit 

read only memory 
rough order of magnitude 

root sum square 

retargeting 

remote terminal unit 

separation 

single bridgewire Apollo standard initiator 

stored command programmer 

silicon controlled rectifier 

spin control thrusters 

shunt electronics assembly 

Space Flight Operations Facility 

space ground link subsystem 

shock induced vorticity 

shock layer radiometer 

shock layer radiometer calibration 



ACRONYMS AND ABBREVIATIONS (CONTINUED) 

SMAA semimajor axis 

SMIA semiminor axis 

SNR signal to noise ratio 

SP small probe 

SPC sensor and power control 

SPSG spin sector generator 

SR shunt radiator 

SRM solid rocket motor 

SSG Science Steering Group 

SSI small scale integration 

STM structural test model 

STMfTTM structural test modelfthermal tes t  model 

STS system test  set 

sync synchronous 

TED 

TCC 

T/D 

TDC 

TEMP 

TS 

TTL MSI 

TLM 

TOF 

TRF 

TTM 

TfV 

TWT 

TWTA 

to be determined 

test conductor's console 

Thor/Delta 

telemetry data console 

temperature 

test  set 

transistor-transistor logic medium scale integration 

telemetry 

time of flight 

tuned radio frequency 

thermal test  model 

thermo vacuum 

travelling wave tube 

travelling wave tube amplifier 

UHF ultrahigh frequency 

U V  ultraviolet 



VAC 

VCM 

VCO 

VDC 

VLBI 

VOI 

VOP 

VSI 

VTA 

XDS 

ACRONYMS AND ABBREVIATIONS (CONTINUED) 

volts alternating cu r ren t  

vacuum condensable ma t t e r  

voltage controlled osci l la tor  

volts direct  cu r ren t  

very  long basel ine in te r ferometry  

Venus orbit  inser t ion  

Venus orbi ta l  plane 

Viking s tandard init iator 

variable t ime of a r r i v a l  

Xerox Data Sys tems 







ALL CONFIGURATIONS 

5. SYSTEM CONFIGURATION CONCEPTS AND TRADEOFFS 

It was recognized early in the study that the weight and volume 

restraints imposed by the ThorfDelta launch vehicle would require costly 

probe development and tes t  effort. The probe studies have shown, how- 

ever, that viable configurations can be developed for the ThorfDelta. 

The Version LZI science payload (nominal and additional instruments , 

except for the small probe magnetometers) could be accommodated, but 

the margins were tight, and it was shown in the midterm presentation 

that it would be very expensive to  allocate a few more kilograms for the 

probes. 

Significant cost savings can be realized by designing the probes for 

the Atlas /Centaur. Increased probe weight allocation permits increased 

design margins, reduced risk, and greater use of flight-proven hardware. 

Figure 5- 1 shows the preferred AtlasICentaur probe designs, 

summarizes the comparisons between the Thor/Delta and Atlasf Centaur 

versions, and indicates results of major tradeoff studies. Even before 

the selection of the At1asfCentau.r launch vehicles,. it was shown that the 

use of Atlasfcentaur for the probe mission would be by. far  the lowest- 

cost, lowest-risk selection. The Version IV  science payload only rein- 

forces that choice., Section 5. 1 shows, in some detail, how the probe 

configurations evolved during the study a s  a result of the tradeoffs that 
, . 

weSe performed,. 

T h e p ~ o b e  config,urations have a major impact . . on the desigp of the 

probe bus, w'hich must be designed primarily to. protect the probes in 

traqait to  Venus and launch them accurately. Prqbe design also indirectly 

impacts, the arbiter design because of the need for commonality between , 

the two m i s s i k  spacecraft a s  a means of minimizing total p,qogram cost. 

The m ~ s t  significant cost/performa~ice tradeoffs for  the bus bnd 

orbiter stemmed from the selection of a spin a s s  orientation for: 1) the 

bus,. to provide large-probe thermal protection without the need for 

jettisonable covers o r  heaters,, and 2)  the orbiter, t o  permit use of a 

fixed, high-gain antenna t o  accommodate the specified science data rate. 

Before the upward revision of data requirements for  the Version IV 



ALL CONFIGURATIONS 

PR~~ERR€DATLAS/CENTA~R PROSE CONFIGURATIONS 

LARGE PROBE CHARACTERISTICS SMALL PROL CHARACTERISTICS 

o 2.09- RAD (120-OEGI BLUNT CONE FOREBODY. MINIMUM VOLUME . 1.57-RAD IW-DEGl BLUNT CONE FOREBODY, CONVSPHERICAL CAP 
AFTERBODY AFTEPBOOY . SINGLE STAGING WllH PILOT-DEPLOYED W I N  PARACHUTE . UNSTAGED . DiSCENT CAPSULE STABILIZED BY PERFORATED RING . AERODYNAMKALLY STABLE, HYPERSONIC TOSUBSONIC 

PRESSURE-PROOF, EXTERNALLY INSULATED. ALUMINUM 
OESCENT CAPSULE 

SENSORS EXPOSED AFTER ENTRY HEATINGAND LOADING . EXTERNALLY INSULATED ALUMINUM PRESSURE VESSEL 
COMMONALITY OF SUBSYSTEM HARDWARE WITH SMALL . AEROSHLLL DIAMETER 73 PERCENT GREATER THAN THOWDELTA 

INCREASEO SAFETY FACTORS 

INCRTAIED STRUCTURAL. T H E W L ,  HEAT SHIELD MAIK;(NI . PP.E%IURE VESSEL VOLUME INCREASED 300 PEECENT . PRESSURE VESSEL VOLUME INCREASED 30 PERCEM OVER THOWDELTA . HIGHER TRANSMITTER POWER THAN THOVDELTPI VERSION 

MAJOR PROBE TRADEOFFS 

I. AEROSHELL SHAPE 

BLUNTED CONE PROVIDES LARGE DRAG FOR HIGH-ALTITUDE LESS BLUNT CONFIGURATION THAN LARGE PROBE PERMITS 
DECELERATIONS. PERMITTING LARGE PROBE TO REACH SUB- PACKAGING INSTRUMENT CAPSULE FURTHER FORWARD THUS 
SONIC VELOCITIEI ABOVE MAIN CLOUD LAYERS I 70 KMi. 
AERODYNAMICALLY STABLE HYPERSONICALIY A N D  SUB- 

IMPROVING AERODYNAMIC STABILITY IN ALL SPEED R~NGES, 
AND PROVIDES LOWER SHOCK LAYER RADIATIVE HEATING. 

SONICIALLY. WlTH LOW ANGLE OF ATTACK A N D O U I C I L I  
TRAVERSED TRANSONIC INSTABILITY. 

THIS CONFIGURATION PROVIDES SUFFICIENT DRAG FOR DE- 
CELERATION TO LOW SUPERSONIC SPEEDS ABOVE MAIN CLOUDS. 

2. STAGED VERSUS UNSTAGED, STAGING TECHNIQUE 

STAGING PERMITS RELIABLE, UNCONTAMINATED V lMl lNG AND SIZE ANDWEIGHT LIMITATIONS RULE OUT SMALL PROBE 
SAMPLING BY SCIENCE INSTRUMENTS- SHORTENS DESCENT TIME IN STAGING. SCIENCE INSTRUMENTS ARE DEPLOYED DIRECTLY 
COMPARISON WITH UNSTAGlD V E R S I ~ N ,  REDUCING 8AT.lERY AND THROUGH AEROSHELL BY RELIABLE NONPYROTECHNIC DEVICES 
THLRMAL CONTROL WEIGHT. USE OF PARACHUTE TO STAGE DESCENT 
CAPSULE OUT OFAEROSHELL IS LIGHTER LESS EXPENSIVE MORE 

AFlER PROBES DECELERATETO APPROXIM4TELY MACH 1.5 AT 

RELIABLE THAN MECHANICAL METHODS.' USE OF PILOT C ~ U T E  
70 LM. 

PERMITS SlMPLrR INTEGRATION O F M I N  CHUTE I N  PROBE. 

3. DESCENT PROFILE 

THE SELECTED BALLISTIC COEFFICIENTS OF DESCENT CAPIULE- , AEROSHELL GEOMETRY YIELDS LOW TRANSONIC AND SUB- 
WITH-CHUTE FOLLWED BY DESCENT CAPIULE ALONE [AFTER SONIC MLLISTIC COEFFICIEMS. DESCENT VELOCITY THRU 
CHUTE JElTlSON AT 41 KMI PROVIDEA DESCENT mOFlLE IMPORTAM CLOUD LAYERS IS SUFFICIENTLY LOW TO SATISFY 
FULLY COMPAT14E WITH SCIENCE SAMPLING REOUIREMENTS. SCIENCE SAMPLING REQUIREMENTS. TOTAL DESCENT TIME 
MTTERY AND THERMAL CONTROL WEIGHT CAN BE SAVED BY OF65 MINUTES Is NMRLY OPTIMUM COMPROMISE BEWEEN 
USING HIGHER COEFFICIENTS AND BY STAGING AT HIGHER SCIENCE DATA RETURN AND BATTlRYflHERML CONTROL 
ALTITUDE BUT THERE IS SOME SACRIFICE I N  SCIENCE DATA. WEIGHT REQUIREMEEITS. 
DATA ACQUISITION RATE ANDMEMORY SIZE ARE EASILY 
IMPLEMENTEDWllH MODIFIED PIONEERS IOAND I 1  HARWIARE. 

4. TERMINAL DESCENT STABILITY 

SELECTEDAEROSHELI AFTERBODY IS MSED ON TEST OF 
NUMEROUS SHAPES. IT PROVIDES ADEQUATE SUBSONIC 
STABILITY Wl1.H ACHIEVABLE CENTER OF GRAVITY LOCATION, 
MINIMIZES LIMIT CYCLE BEMVlOR AND HAS CAPABILITY 
TO RECOVER RAPIDLY FROM M ~ X I ~ U M  ANGLE OF ATTACK 
PCRTURBATIONS RESULT~NG FROM SPECIFIEDWINDPROFILES. 

Figure 5-1. Probe Conf igu ra t ion  and Tradeoff Conclusions 

5 -2 



. . . . >., . ,, . 

vl science payload, another less  expensive orbiter configuration was pre- . ,. z 
9 ferred but the new higher data rate made it ndnviable. I- 
=7 
a 
3 Other orbiter configuration options were also studied under the 
0 

original guidelines. In particular, a set of alternative configurations 
z 
2 derived frorn the existing DSCS-I1 spacecraft (which has a despin antenna) 
-I 

were examined, but the number of modifications required to adapt the 
Q 

design to the Venus missions and the requirement (for these configura- 

tions) to launch the small probes simultaneously (as opposed to  the 

recommended sequential release) make these alternative configurations 

noncompetitive. . , 

Figure 5-2 shows the major configurations studied and the results of 

the major configuration tradeoffs. Section 5.2 describes the probe bus 

and orbiter configuration tradeoffs and the designs derived for both launch 

vehicle candidates. 

5.1 PROBE CONFIGURATIONS AND TRADEOFFS 

The preferred probe configurations finalized a t  the conclusion of this 

study a r e  summarized in Section 5. 1. 1 and a r e  further defined in  Sections 

6 and 7. These configurations use the Atlas /Centaur a s  the specified launch 

vehicle for a 1978 launch, and ca r ry  the Version IV science payload. The 

major configuration options used to derive the preferred probe concepts a r e  

developed in Section 5. 1. 2. Many of these options were also the key elements 

varied during the pre  -midterm studies. 

Tables 5 - lA and 5 - 1 B summarize the system and science instrument 

requirements of the Phase B study defined by the NASAJARC documents 

referenced in these tables. F r o m  the system design study requirements 

and the science instrument definitions provided, the probe mission and 

system design requirements (summarized i n  Tables 5 -  LC, 5 -1D, and 5 -2) 

were derived to satisfy the Pioneer Venus project objectives. The preferred 

configurations for  the large and small probes meet these objectives and a r e  

the result of an intense and comprehensive effort to provide a low-cost, low- 

risk program. 

In arriving a t  the preferred probe designs, a number of configurations 

were evaluated against the following criteria: cost, performance, weight, 



ALL CONFLGURATIONS 

A PREFERRED AND ALTERNATIVE PROBE BUS AND ORBITER CONFIGURATICN TRADEOFFS 

PREFERRED PROBE BUS PttFERRED ORBITER 

EAIITH-POINTING EAeTH-POINTING 
CONICAL SOLAR AWAY CONICAL SOLAR ARRAY 
SEQUENTIAL LlEbsE FIXED HIGH-GAIN DISH 
6.23 M D  WO-DEGI OMNI'S W/CONSCAN 
PLUS MEDIUM GAIN HORN +WATT TRANSMITTER 

GIMPALED WAN PLATFORM 

PROBE BUI OIITER 

WITH EARTH-POINTING SPIN AXIS FAVORABLE SUN ANGLE W ~ T H  ORBITER SPIN AXIS NORMAL TO VENUI ORBIT PLANE. 
ptaMlis USE OF SOLAR UDIATIOF~ FOR LARGE PROBE THEMAL RAM INSTRUMENTS NEED NO WINTbBLE GIMBALLED PLATFORM 
CONTROL INSlEAD OF HEATERS (AS LONG AS SOLAR ARRAY IS 
CONICAL) SO THE BATTERY AND ARMY CAN BE SMALLER THAN 

2. ANTENNA CONFlGURATlON 

PROBE BVI HA5 6.23 ReD TJ6(cDEG)OMNl COVERAGE PLUI PREFERRED ORBITER HAS FIXED, HIGH-GAIN ANlENNA AND 
PIONEERS I 0  AND 11 HORN FOR HIGH BIT MTE DATA TRANSMIIION ADEQUATE BIT RATE WITH EXTREMELY HIGH RELIABILITY I.E., 
DURING ENTRY (1024 B175/51. N O  SLIP RINGS, ROTARY COUPLERS, OR OmER COMPLEXITIESI. 

3. SOLAR ARRAY: CONICAL OR CYLINDRICAL 
CONICAL ARRAY O N  BUS PERMITS MANEWERING WITHOUT CONICAL ARMY O N  ORBITER IS NOT A5 ADVANTAGEOUS AS 
HASTE AND PERMITS USE OF SOLAB RADIAT~ON TO KEEP LARGE FOR BUS DURING TMUUSIT, BW OFFERS GREAT ADVANTAGES 
PROBE W A M  WITHOUT HEATE6. LOWER PEAK WWR THAN AN IN ORBIT BECAUSE IT PERMITS WIDE RANGE OF MANEUVERS 
EQUIVALENT CYLINDRICAL ARRAY, BUT HIGHER AVERAGE POWER WITH SMALLER BACKUP BATTERY REQUIREMENTS. 
THROUGH WIDE VANGE OF MANEUVERS. SO BACKUP BAllERY 
CAN BE SMALLER THAN WITH CYLINDEICAL ARRAY. ELIMINATION 
OF NEED FOR HEATEB AUO ALLOWS SMALLER ARRAY. 

I .  SEQUENTIAL MRTUS SIMULTANEOUS PROBE RELEASE 

SEQUENTIAL RELEbsE PERMITS CONTROLLED SEPARATION OF 
RfLEA5E TIMES SO THAT PROBE5 CAN BE CAREFULLY TARGETED 
FOR ENTRY INTO VENUI ATMOSPHERE AT ZERO ANGLE OF 
ATTACK 00 ENHANCE UPPER ATMOSPHERE DENSITY MEA5URf- 
MENTS BASED O N  AC(lUnOME1ER DATA) AND FOR GOOD 
GEOGRAPHICAL DISPERSION OF PROBE ENTRY POINTS. THIS 
ALSO FACILTATZJ WOUNDANT COMMUNICAnONS COVTWGF 

ALTERNATIVE PROBE 8UI ALTERNATIVE ORBITER 

N O W A L  TO EARTH LINE NOQMAL TO EARTH LINE 
CYLINDRICAL ARRAY CYLINDRICAL ARRAY 
SIMULTANEOUS RELEASE FIXED FANSCAN ANTENNA 
MODIFIED OSCS-11 MODIFIED OSCS-11 

ORBITER OPTICNS - A n y  of these mnfigurations can be launched by either ThorlDelta o r  At las lCentaur 

PATION BLJl INCRESES COST CONSIDERAI1LY 
AND REDUCES RELIABILITY. 

VIABLE ONLY FOR INITIAL STWY GUIDELINES 

F igure  5-2. P m k  Bus and  O lb i te r  Conf igurat ions and  Tradmffs CDnclusions 

5-4 



Table  5-1A. s y s t e m  ~ e s i ~ n  Study Requirements  
Summary  - Table 5-1C. Probe  Interface Design 

Requirement  Summary  

SCIENCE INTEKFACE 

LARGE PROBE IDSCIENTIFIC INSTRUMENTS 31.25 KG TOTAL WEIGHT 
(MAXI 

Tab e 5 -  1D. Missioh Design Requirements  I Summary  

SCIENCE MISSION OBJECTIVES TARGETING LP; AS CLOSE TO SUBS LAR POINT AS POSSIBLE 
NO MORE THAN 79 FROM SUBSOLAR AND NEAR EQUATOR 

SF': GOOD LATITUDE AND LONG'TUDINAL DISPERSAL 

PROBE ENTRY SITES: WITHIN 5P OF SUBEARTH - 
LAUNCH/ARRIVAL LAUNCH WINDOW: AUGUIT 20 TO 29. 1978 15 MINUTES E K H  M V  

MOUNTlNG - FLAT WITHIN 0 . m  IN. 

ALIGNMENT -10.5' 

ELECTRICAL POWER - IM.3 WATTS MAX" 28 YDC 
1 IF* I LAUNCH VEHICLE ATLAS/CENTAUR (SELRTED) 

THOR/DELTA (COMPARISON) 

NASA SP-8011 MODELS OF VENUS ATMOSPHERE ENVIRONMENT 

MULTIPLbPROBt 
MSELlNE CONFIGURATION 

I 
I - BUS 
1 -LARGE PROBE 
3 - I06NTICAL SMALL PROBES 

MAXIMUM SYSIEM/SUBSYSTEM BETWEEN BUS AND ORBITER 

TELEMETRY, COMMAND, TRACI(1NG COMPATIBLE WlTH M M/2d M DSlF 
NETWORK!. SFOF. AND GCF 

SPlN STA8111ZE0 

INTERPLANETARY 
CRUlSF 

PROBE RELEASE 
SEQUENCE 

TIMING - SEQUENCING SIGNALS 

TELEMETRY SIGNALS - AWLOG/DIGITAL/BILEVEL 

THERMdL - 0 TO 150°? 

SMALL PROBE 6 SCIENTIFIC INSTRUMENTS 2.5 KG TOTAL WEIGHT (MAX) 

MOUNTING - FLAT WITHIN 0 . m  IN. 

ALIGNMENT - * 0.5" 

ELECTRICAL POWER - 5.1 WATTS", 128 Y D C i  10% 

TIMING - SEOUENCING SIGNALS 

TELEMETRY SIGNALS - ANALOG/DIGITAL/BILEVEL 

THERMAL - 0 10 150'~ 

.. ~~.~ ~- 

ATLAS/CENTAUR 
INJECTED M4SS: 7W CG (1742 LBl 

l l9TO11OOAYI 

SEQUENTIAL 

' COMMONALITY 

1 DEEP SPACE NETWORK 

1 SPACECRAFT STABILIZATION I I 1 LP E. - 25 DAYS I 
'i DAYS (E2= E, + WMINUTESI 
E2 - 17 DAYS 

I LAUNCH SITE CKAFS 

USELINE INSTRUMENT MYLOAD NASA-ARC LnTER AS0 2447/32-MZ, I 3  APRIL 1973 WERSlON I") 

MAGNETIC PROPERTIES CONSISTENT WlTH SCIENTIFIC OBJECTIVES I 
I HEAT SHIELD 

I I SP3 E; - 13 OAYS 

DfMONITPATED RELIABILITY 
ON-SITE REPAIRABILITY - RELIABLE SURVIVAL THROUGH ALL PHASES, 

NON-INTERFERRING WITH SCIENCE. RF TRANSPARENT 
KNOWN FA~ICATION/BONDING PROPERTIES. ADEQUATE SHELF LIFE 

EXPERIENCE. NONDESTRUCTIVE TESTING I 
PLANETARY 
APPROACH 

ENTRY PROFILE F 
TARGET SET A 
it 250 KM1 . INITIAL RADIUS (,o6 KMl: LP- 10.7 

SP- 9.0TOS.6 

EARTH AIPECT ANGLE: 
LP SP - - 13P 12S0 MINIMUM, T O  14SD 152' MAXIMUM 

LP I P  - - 10' 19 MINIMUM, TO 72' 55' MAXIMUM 

LP- 23'T044' 
I P  - 1P MINIMUM TO 61' WAXIMUM 

PROBE BUS INTERFACE 

MASS 
SOLAR ASPECT ANGLE: 

I PROBE AERODYNAMICS EXTERNAL IORM/INTERNAL W S i  DISTRIBUTION FOR PROPER FLIGHT 
CHAMCTERISTICS THROUGH ENTRY. PARACHUTE DESCENT. AND 
FREE DESCENT I VENUS ASPECT ANGLE: 

MAIS PROPERTIES 

LARGE PROBE - 263.6 KG (581.2 LBI- 15% 

CG TOLERANCE - RliD1ALC.G. OFFSET FROM PROBE CENTERLINE 
0.050 IN. AND LONGITUDINAL UNCERTAINTI 

FROM NOMINAL( 0.030IN. 

PRINCIPAL AXIS 
r o r t a b N c r  = IW LBM-IN.? U N C E R T ~ I N T Y  IN ELLANCE 

OF PROBE 

- - 

Table  5-1B.  La rge  and Small  P robe  Nominal 
Science Instrument  Requirements  
Summarv  

LATAONC 

"f 

E 

8: (KG/M~I 

PE4K G'S 

MAX 01,d N/M'I 

p~ ~ ~ 

LARGE PROBE 

WElGHT NoM~NAL: 27.17 KG (60.45 LBI I !z ::::: EE g:::: k!{ I SMALL PROBE - 70.0 KG 1 l Y  L811 11% -- 

CG TOLERANCE - RADIAL C.G. owEr rRoM PROBE CENT~RLINI ' 0.054 IN. AND LONGITUDINAL UNCERTAINTY 
 OM NOMINAL50.054 IN .  I I PARACHUTVINSTRUMENT 

DEPLOYMENT \ 
MdCH NUMBER 0.786 1.2 0.65 0.85 I POWER NOMINAL: 88.6 ~ ~ 1 1 5  AVERAGE I 1 'EL; zi::: 

VOLUME 29810 CC (1823  IN.^) 4 15% 34 281 CC (2096 IN.?) 
. 15%: 25 338CC ll5IO  IN.^^ 

PRINCIPAL A?IS 
TOLERANCE = r 35 LBM-IN? UNCERTAINTY IN &*LANCE - 

FOR EACH PROBE 
TOTAL PROBE WEIGHT 

ALLOCATION - 544 KG ( 1203LB) 

MECHANIC*, 

LARGE PROBE - THREE POINT ATTACHMENT A N D  RELEASE 

SMALL PROBE - FOUR PAIRS OF PADIAPPROXIWTELY W" APART 

THERMAL - 0 TO 50-F 

SFPIIRAIION ATTITUDE AND DYNAMICS 13 i 

DYNAMIC 
PEESSURf ( N / M ~ ~  1695 4405 3016 33W 

SCIENCE ALTITUDE DEPLOYMENT (XMI 
m.45 70.1 66.4 68.0 

. 

I DATA 

SATISFY SPECIFIED MINIMUM SAMPLING INTERVALS 
W S S  SPECTROMETER 80 WO BITS/& TO 44 KM AND 88 WO BITS/M KM TO SURFACE 
GAS CHROWTOGRAPH 13 2W BITS BUFFER MEMORY, I 0  MINUTE STORE/READOUT 

TIME. THREE 20 MINUTE MEASUREMENT CYCLES 
ACCELEROMETER: 1WO 8118 STORED DURING ENTRY I URGE PROBE 

PARACHUTE PHASE MLLISTICCOEFFICIEM 7.85 KG/M? 

STkGING ALTITUDE 42.9XM 

TIME O N  PARACHUTE 39.7MlN 

DESCENT CAPSULE MLLISTIC COEFFICIENT 550. KG/M' 

TOTAL DESCENT TIME 73. MIN 

SMALL PROBES 

DESCEM WLLISTIC COEFFICIENT 197.9 KG/M' 

TOTAL DESCENT TIME 65. MIN 

ALTITUDE 

SPIN/STABIIITY 

ACCELEROMETER ~a KM (4 Y m4 GI TO SURFACE 
HYGROMETER 70 KM TO 40 KM 
WIND ALTITUDE RADAR lo KM TO SURFACE 
ALL OTHERS 70 KM TO SURFACE 

SOLAR AND IR FLUX RADIOMETERS: 1 TO5 RPM 
SOLAR RADIOMETER: ANGLE WlTH RESPECT TO LOCAL 

*F 

WXIMUM ANGULAR\ 
MOMENTUM VECTOR P 3- 
DIRECTION ERROR I VERTICAL KNOWN TO WITHIN 
M X I M U M  SPlN 
AXIS NUTATION 
ANGLE ABOUT 

3O 

MOMEMUM VECTOR 

MAXIMUM SPlN 
PATE ERROR 

iD.1RPM 1 0 2 R P M  

WXIMUM 
VELOCITY ERROR 

0.02 M / S  0.05 M/S 

UMBILICAL 

Powfa: LP/48 WATTS ,, 128 VDC 2 10% 
SP/13 WATTS +28 VDC IODC 

COMML\NDS: LP/IERIAL l b  BIT WORD 1 BIT/S 
SP/SERlAL 16 811 WORD: 1 BIT/S 

I SMALL m08E 

+ I % =  2.5 KG 15-61 LBl 
WEIGHT NOMINAL' 2.17 KG (4-9LBl . 5% = 2 M KG (4.64 LB1 

POWER NOMINAL d.25 WATTS AVERAGE 1 ~ : & w ~ ~ : ~ s  

VOLUME 1231 CC (75  IN.^^ i 15% = 1416 CC 186 l ~ . ~ l  
- 15%. IWCC (6, t ~ . ~ )  1 DATA SATISFY SPEClFlEDMlNlMUM SAMRING INTERVALS FROM 66 KM TO SURFACE 

ACCELEROMETER: 250 BIT5 STORED DURING ENTRY 

I PENETPATIONS WINDOWS: 3 INEPHELOMETER (21 - IR FLUX DETECTOR) 
INLET: I (PRESSURE GAUGE) 
OTHER- 1 ITWPEPATURE GAllGEI 

I 
~ ~ ~ ~~. 

ALTITUDE ACCELEROMETER 140 KM (4 x 10-'GI TO SURFACE 

SPIN/IIABILITY NOT DEFINED 



Table  5-2A. Large  P robe  Design Table  5-2B. Small  P robe  Design 
Requirements  Requirements  

-- 

1. MECHANICAL 

SPIN RATE 
10 BPM @ RELEASE TO ENTRY ~ ~ 

5 I N A M  - 20 PPM MAX DESCENT 

&MAXIMUM ENTRY ANGLE& MINIMUM ENTRY ANGLE 

Iff MAXIMUM ENlRY ANGLE OF AllACK 

DKLERATION G hUX = 258 
STABILITY 

EMRY: STATICALLY AND DYNAMICALLY STAKE 

I C0M.hlC.A OhS - 1S'WAXIM.M OSCLLAT OhA8ObE 
M < ,A .  .BJTIOM M X M  DIM N SHlhG TO Z E M  AT 
rnE SJPPACE 1h0 GUST COhDII IONl ~~ 

ENCC 76sn  L lMlT CYCLE OSCILlATION BWAVIOR X.. - -  ~. . ~ - -  ~ 

(DESIGN GOAL) 
PARACHUTE OPERATION: 70 TO 43 KM. SEPARATE DESCEM 

CAPSULE AND AEROSHBL ZERO GLIDE BEHAVIOR (DESIGN I GOAL) 
MLLIPIC COEFFICIENTS: 

HYPERSONIC: 86.4 KG/M' (0.55 S L U G ~ ~ T ~ )  

PARACHUTE: 7.85 KG/M~ 10.05 SLUG/FT~I 

DESCEM: 550 KG/M' (3.5 !LuGs/F~~)  

EQUIPMEM TEMPERATURE: 
IMERNAL: 2% TO 33P K lo T o  l&F) 

FXlFRMAl: PA CHUTE 2 s  TO 407°K (-50 TO 174'3 
2 K  

M4TEIlALS: NON-OUTGASSING 

PRESSURE 
INTERNAL: 101 1041.4 KWM' (14.7TO 6 PSI*) 

EXIWWL: 10-'TORR TO P) ATMOSPHERES 

WEIGHT: 261 KG 

ELECTRICAL POWER 

28VOCf 105, SEE POWER PROFILE AND 

5 M  W-HR POWER ALLOCATION TAOLE 
I N  SECTION 7.8 

DATA HANDLING AND C O W N D  
oAIA CHANNELS: 6 DIGITAL/SBANALOG/ZPBllEYR 
ANALOG-OlGlTAl CONVERSIONS: 6/1/10 BIT WMDS 

DATA STORAGE: 4 0 0  BITS 
DATA OUTWT: 

BI-WASE MODULATED SUBCARRIER 

RATE - ID. K = 32 CONYOLUTIOWL CODE 

I 2% SINBOlSPtTI SLCOND 

C O W h b C n l h h E l S .  M 
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and r i sk .  Al l  p robe  designs w e r e  developed by a synthesis  p roces s  that 

combined va r ious  options of the following m a j o r  i t e m s  to  f o r m  each config- 

uration: aeroshe l l  shape,  descent  capsule  configuration, dece l e ra to r l s t ag -  

ing,  and e lec t ron ics  complement. 

The  p r e - m i d t e r m  studies ,  which l e d  to  the select ion of p re fe r r ed  

ThorIDel ta  and At las ICentaur  probe configurations,  a r e  highlighted i n  



Sections 5. 1. 3 and 5. 1.4. These configurations were developed on the 

basis of the Version 111 science payload definition and a 1977 probe mission 

launch date. The final preferred probe configurations, presented in  Section 

5. 1. 1, reflect decisions by NASA regarding the science payload complement, 

launch vehicle, and probe mission launch date, which were made after the 

midterm review. The results of the pre-midterm studies formed the basis 

for  the final probe configurations. Section 5. 1.4.4 summarizes the ratio- 

nale for this design. 

5.1. 1 Preferred Atlas /Centaur Probe Configurations 

The preferred large and small probe configurations for the specified 

1978 Atlas /Centaur launch, carrying the'version IV nominal science pay - 
load, and rezlecting the final results of the Phase B probe design effort, 

a r e  illustrated in Figure 5-3. Simplified large and small probe block dia- 

grams ind ica t i~g  the principal electrical functions and interfaces a r e  shown 

in Figure 5 -4A and 5 -4B. 

LARGE PROE 
SMALL PROM 

S-BAND ANlENNA 

EQUIPMENT 
DESCENT CAPSULE SCIENCE AND ELEClRONIC 

Figure 5-3. Final Preferred Prok Configurdions 

These configurations incorporate many features which will reduce 

costs in comparison to probes design for a ThorIDelta launch vehicle. Ways 

in  which lower costs were achieved include the following: 

Increased design margins. 

Maximum utilization of flight proven designs, materials,  and 
hardware. 

Commonality of equipment between large and small probes and 
between probes and buslorbiter. 
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. E a s y  accessibil i ty to probeins t ruments  , .  and subsystems,  , to 
, , . . ,  , 

facilitate integration and test .  
' i ,  . . .  . . .  ' .  . 

Minimizing new developments and t e s t  requirements .  
' , . . .  

These approaches with specific examples a r e  discussed m o r e  fully in  Section 

11. Section 6. 1 defines i n  detail the  p r e f e r r e d  Atlas/Centaur probes. The 

configuration options and t rade  studies that led to this selection and to the 

prefer red  design fo r  Thor/Delta probes a r e  presented i n  the following 

sections. 

5. 1.2 Configuration Options 

Probe  configuration concepts developed during this study resul ted 

f r o m  a synthesizing process  that combined various aerodynamic shapes,  

decelerator  staging schemes,  and stabilization techniques with other 

selected subsystem design approaches. All  probe  concepts studied were  

configured to meet  the science data, mission,  and sys t em design requi re-  

ments,  a s  limited by the  launch vehicle payload weight constraint. The 

other  main factor driving the design concepts was the development of a low- 

cos t  approach with the l e a s t  impact  on r i s k  a s  well a s  performance.  

5. 1.2.1 Ent ry  Configuration 

Aeroshell Forebody 

Aeroshell  forebodies ,  consisting of blunted la rge  angle cones were  

the basic shapes studied. Cone half-angles of 1. 22, 1. 05, 0.96 and 0.79 

r a d  (70, 60, 55 and 45 degrees) were  examined. The 1.22 r a d  (70 degrees)  

aeroshel l  forebody was included s ince considerable  aerodynamic data exist 

fo r  this shape f r o m  the Viking program. Considerable data also exis t  for 

1.05 rad (60 degrees)  cone shapes both f r o m  the Viking t e s t  p rogram and 

other sources ,  and 0.96 r ad  (55 degrees)  cone data a r e  available f r o m  

PAET. To optimize the  reflective heat shield performance and thus t r y  

to reduce heat  shield weight, a spherical  segment  (Apollo type) forebody 

was  a l so  examined. 

Aeroshell  Afterbody 

The aeroshel l  afterbody configurations a r e  based on considerations 

of aerodynamic stability, weight, equipment integration, and interface with 



the probe bus. A hemispherical afterbody i s  a simple stable shape. How- 

ever,  tailored afterbodies afford advantages in the a r ea  of lower weight 

and improved low-speed limit cycle behavior, as  well a s  facilitate attach- 

ment to the probe bus. 

Existing versus New Configurations 

The PAET, Viking, and Apollo aeroshapes were examined in this 

study with the intent of making use  of their available aerodynamic data, 

thereby reducing development testing costs. These were traded against 

new configurations tailored specifically to the probe mission requirements. 

Identical versus Distinct Large and Small Probe Shapes 

Common large and small probe shapes were traded against individual 

shapes for each. Factors entering into the tradeoff a r e  development testing 

required, design change costs,  entry heating, internal equipment integration, 

probe bus installation, aerodynamic flight characteristics, and staging 

techniques. 

5. 1 .2 .2  Descent Capsule 

Spherical versus Nonspherical Pressure  Vessels 

A sphere i s  a simple, easily manufactured, and structurally efficient 

pressure  vessel. Nonspherical pressure vessels were also considered i n  

the attempt to maximize pressure  vessel design commonality for the large 

and small probes and to facilitate obtaining desired c. g. locations. 

Internal versus External Thermal Insulation 

A weight comparison was made between a heavier, denser external 

thermal insulation and a lighter, less dense material internal to the pressure 

vessel. Consideration of the pressure  shell temperature, internal pressure, 

and science integration problems were the other factors involved in the 

tradeoff. 

Pressure  versus Nonpressure Protected Approach 

A variety of pressure  and nonpressure protected concepts were eval- 

uated. Pressure  equalized (i. e.,  nonpressure protected) designs included 

concepts with filler materials,  with atmospheric venting and phase change 



heat exchangers, and with cold gas pressurization. A pressure vessel p r e -  

loaded to approximately half the Venus pressure  and several completely 

pressure  protected designs were compared against the pressure equalized 

designs. 

Fin versus Ring Stabilization (Large Probe) 

Fin stabilized descent capsule configurations were traded off against 

ring stabilized versions. Fin number, length, and deflection angle was 

varied to obtain optimum aerodynamic characteristics, evolving finally 

into a perforated f lare configuration. Ring diameter and height above the 

sphere major diameter were the aerodynamic variables for this class 

of configurations. The two approaches were traded on the basis of aero-  

dynamic performance, impact on aeroshell configuration, and science/ 

subsystem integration complexity. 

5. 1.2.3 Staging and Decelerator Options 

Staged versus Unstaged, and Staging Techniques 

Two versions not requiring parachutes were evaluated for the large 

probe. . A  mechanically staged concept in which the descent capsule i s  

released to expose the science instruments was compared to an unstaged 

concept in which the aeroshell was retained and the science deployed through 

the aeroshell or ports jettisoned to expose the instruments. These no-para- 

chute concepts were then evaluated against the parachute designs for risk, 

performance, and cost. 

One- versus Two-Stage Decelerator 

A supersonic drogue stage was evaluated a s  a means to increase the 

altitude at  main chute deployment and augment the basic probe stability. 

This was compared to a single stage subsonic main chute. 
. .  . 

, . . ,  

Canopy Types. 
'. 

Disk-gap-band, ringslot, ringsail, ribless guide surface, ribbon, and 

c ross  -type parachute canopies were considered. Factors involved in the 

selection included dragiweight efficiency, stability, l i f t  (glide) characteris-  

tics, ballistic coefficient, opening load characteristics, transonic speed 

operation and test history. 



Existing Designs 

Parachutes from the Discoverer, Biosatellite , Viking, and Apollo 

programs, plus existing a i rcraf t  decelerator, cargo, and man-carrying 

designs were surveyed for applicability. A retro system was also studied. 

Stowage /Deployment 

A variety of schemes were derived to stow and deploy the parachutes. 

All were complicated by the goal t o  place both the communication antenna 

and the parachute on the centerline. Versions were evaluated employing 

parachute canisters located a t  various positions i n  the forebody and after-  

body area. Deployment methods studied included pilot chute, mortar ,  

drogue slug gun, gas ejection, catapulting, and rocket extraction. 

5. 1. 2.4 Electronics Complement 

New versus Existing Hardware 

Weight, volume, and cost were the key considerations i n  evaluating 

new designs against existing hardware to perform communication, data 

handling and command and power distribution functions in both probes. 

Sources of applicable hardware were Viking, Pioneers 10 and 1 1 ,  and 

classified programs. Other factors considered were degree of modification 

required to sustain entry decelerations and applicability to both large and 

small probes. 

Common versus Custom Hardware 

Commonality of electronic hardware between the large and small probes 

and the probe buslorbiter was evaluated with respect to custom designs. 

Cost, weight, and size were the primary evaluation factors. 

Subsystem Options 

The tradeoffs itemized below and performed a t  the subsystem level 

were not major con3tguration selection drivers,  but did impact electrical 

system definition and interfaces. These lower level trades and analyses 

a r e  covered in detail in Section 7. 

8 Regulated versus unregulated power bus 

8 Monovalent versus divalent battery charging 



Centralized versus decentralized programmer 

Centralized versus decentralized analog-to-digital converter 

MFSK versus PSKIPM modulation 

Convolutional versus Viterbi coding 

One-way versus two-way Doppler tracking 

5. 1. 3 ThorIDelta Tradeoffs 

Twelve configurations for the large probe and three for the small 

probes were examined and have been fully reported in  MMC Technical Note 

P73-203434-053, "Probe Configuration Study Summary" submitted earl ier  

to NASAIARC. This technical note i s  highlighted in this and the following 

section. 

The major options considered for the large probe were various de- 

celerator systems, aeroshell shapes, and descent capsule stabilization 

techniques as  described in  Section 5.1.2. These probe configurations a r e  

shown in Figure 5 - 5  (A through E). The Phase B proposal configuration 

featured a 2. 1 -meter pilot parachute and a 7.6-meter main parachute lo- 

cated in a toroidal canister. This configuration was then updated with the 

science payload defined in  the Phase B study specification to provide a 

baseline design. This primarily required a transmitter power increase 

f rom 10.9 to 20 watts to accommodate the higher science sampling rates. 

Seven of the configurations utilized a 2. I -meter pilot parachute with a 

3. 5-meter main parachute located in a smaller toroidal canister. The 

3. 5-meter parachute i s  the minimum size required to allow the descent 

capsule to be extracted f rom the aeroshell with a 1 -g differential acceler-  

ation. In addition, the pilot and main parachute locations, aeroshell shape, 

and descent capsule configuration were varied. Two no-parachute concepts 

were also studied. One featured a mechanically separated aeroshell to 

allow for descent capsule release through the aeroshell, while the other 

configuration retained the aeroshell and exposed individual science instru- 

ments via sampling ports. Another configuration compared pilot deployment 

versus direct mortaring of the main parachute, i. e. , the 3.5 -meter para-  

chute i s  used with and without the 2. 1 -meter pilot parachute. The 3. 5 -meter 

parachute can either be located in a small cylindrical canister o r  in a mortar  

canister. 
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The major  configuration variable  considered f o r  the small  probe i s  

the aeroshel l  shape. Three  smal l  probe configurations were studied 

(F igure  5-6): one i s  a n  updated Phase  B proposal  configuration; the second 

has  a PAET afterbody shape; and the th i rd  h a s  a 1.05 rad (60 degrees) half - 
angle forebody and conical/spherical cap  afterbody. 

Figure 5-6. ThorlDena Small Probe Configurations 

5. 1. 3.  1 - Results of Thor/Delta Configuration Studies 

The configuration study resu l t s  a r e  summar ized  by the configuration 

options defined i n  Section 5. 1.2; a m o r e  complete description of the t r a d e -  

off studies can  be found in  the MMC technical note mentioned previously. 

Aeroshapes 

The l a rge  probe forebody shapes evaluated were  0.96, 1.05, and 

1.22 rad (55, 60 and 70 degrees)  half-angle blunted cones; and a spherically 

blunted shape s imi lar  to the Apollo en t ry  vehicle. The 1. 22 rad (70 degree)  

half-angle cone has s o  l i t t le volume i n  the forebody that maintaining an  

acceptable c. g. location for  stability purposes requi res  too la rge  and heavy 

a n  aeroshell .  I t  a lso has a much higher radiative heating input. The Apollo 

shape was discarded due to  stability and packaging problems, a s  well a s  

the high radiative heating. The 1.05 r a d  (60 degree)  cone shape, fo r  which 

considerable aerodynamic data exist, provided adequate volume, acceptable 

heating input, and good entry stability, and had slightly greater  drag  than 

the 0.96 r a d  (55 degrees)  shape. Thus, the 1.05 rad (60 degrees) half - 
angle cone was selected a s  the p re fe r red  forebody shape. 

The small  probe forebody shapes evaluated were  the 0. 79 rad (45 

degrees)  half-angle and the  1.05 r ad  (60 degrees)  half-angle common to the 

la rge  probe. The 1.05 r a d  (60 degrees)  half-angle aeroshel l  was found to  

be  5 .4  kg heavier than the 0.79 rad (45  degrees)  half-angle because of the 

g rea te r  descent t ime and the l a r g e r  d i amete r  required to meet  the c. g. 



location requirements. I t  was  therefore  discarded i n  favor  of the 0.79 r ad  

(45 degrees)  shape. 

The  afterbody shapes considered were  the hemispherical  (PAET) 

shape,  conelsphere  segment shapes,  and biconic shapes. The PAET 

afterbody was not selected f o r  the l a r g e  probe due to  the increased weight 

and complexity aspects  of integrating the la rge  spher ica l  shape with the 

spacecraf t  bus. The selected sma l l e r  0.79 rad (45 degrees)  cone afterbody 

shape provided sufficient volume to house the selected flare-stabilized v e r -  

s ion  of the descent capsule and exhibited good entry stability character is t ics .  

In the case  of the smal l  probe, the 0.52 r ad  (30 degrees )  cone/spherical  cap 

afterbody was selected over the PAET type because i t  provided better low- 

speed oscillation charac ter i s t ics  and adequate pitch damping character is t ics .  

Decelerator Types 

Two configurations with the  7. 6 -meter  main parachute stowed i n  an  

equatorial  toroidal canis ter  w e r e  discarded because the sys tem was 7.5 kg 

heavier  than the minimum parachute required for  separation and descent 

velocity control. Also, deploying the parachute f r o m  the  toroidal canis te r  

was est imated to require a m o r e  cos t ly  development. Consequently a l l  

configurations involving the toroidal  canis te r  w e r e  dropped. With the smal l  

ma in  chute (3.5-meter d iameter )  selected, the n e a r  af t  centerline chute 

locations became feasible and desirable .  A configuration employing a pilot 

chute was  developed when the ae roshe l l  afterbody had t o  be removed to 

allow f o r  an  up-looking so la r  rad iometer  window and the  aureole/extinction 

detector was mounted on top of the descent  capsule and rotated internally. 

With the subsequently redefined so la r  radiometer a s  a so la r  flux radiometer  

that could uti l ize a horizontal-looking window, and the decision to  spin the 

descent capsule instead of rotating the aureole/extinction detector,  thereby 

allowing a horizontal-looking window, it was found that the afterbody could 

be retained during parachute descent. For  this science arrangement  a 

dece lera tor  sys t em consisting of m a i n  parachute mor ta red  directly becomes 

the prefer red  design. F o r  this s i ze  parachute (3 .  5-meter  diameter)  this 

approach i s  the lightest, l e a s t  costly,  and most  rel iable  system. In it the 

afterbody remains attached t o  the  descent  capsule until the parachute i s  

staged. 



Two no-parachute systems were evaluated and discarded. The ratio- 

nale for this decision is: increased weight (7. 7 to 11.8 kg), costs, and risks 

associated with mechanically separating the aeroshell; and the inadequate 

science sampling capability of the unstaged configuration, which could cause 

inaccuracies because of converging channeled flow, contamination from heat 

shield, and residual atmospheric samples retained in  the science ports. 

Descent Capsule Stabilization 

The tradeoff study between the thin rings and the final flares was 

based on spin tunnel and other aerodynamic test results. The f lares pro- 

vided more flexibility in ballistic coefficient control and greater resistance 

to tumbling. Subsequent to  the ThorIDelta portion of the design study, the 

use of a centrally located perforated ring of finite thickness was found to 

be a simpler, more effective design than either the thin rings o r  the flares. 

5. 1. 3.2 Recom:nended Thor /Delta Probe Configuration Summary 

The probe configurations recommended for the ThorIDelta launch 

vehicle a r e  a large probe configuration with a single stage deceleration 

and a small probe configuration with a modified (conelspherical cap) 

afterbody. The configuration drawings depicting this design a r e  shown in 

Figure 5 -7 and 5 -8. The functional block diagrams a re  shown in Figures 

5 - 9  and 5-10. The selected configurations meet the mission and system 

design requirements with the lightest weight, least cost, and most reliable 

design of the systems evaluated. 
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Figure 5-8. ThorlDella Small Pmbe 

5. 1.4 Atlas/Centaur Tradeoffs 

The primary objective of using the increased capabilities of the Atlas/ 

Centaur launch vehicle for probe configuration studies was to emphasize 

low cost. Ground rules precluded use of the added weight capability to 
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enhance or  modify the miss ion  o r  science accomplishments of the sys tem 

defined for the Thor /Delta launch vehicle. The approach was to use the 

increased  weight and volume available to inc rease  design margins ,  to use 

existing designs to a maximum, and to  reduce the design, development, 

and t e s t  efforts to a r r i v e  a t  the lowest possible cost.  The discussion that 



follows highlights the studies conducted up to the midterm review (documen- 

ted more fully i n  MMC Technical Note P73 -203434-053, "Probe Configura- 

tion Study Summary"), and reflects the Version 111 science payload. The 

final evolution of the preferred Atlasfcentaur probe configurations from 

the midterm designs i s  then traced in Section 5.1.4. 4. 

5. 1.4. 1 Candidate Configurations 

Nine major probe configurations were examined with minor tradeoffs 

performed on the subsystems to develop the lowest program cost. The 

system variations resulted f rom synthesizing configurations by combining 

various aerodynamic shapes and decelerator concepts with selected sub- 

system design approaches. 

The f irst  configuration developed was essentially an expanded Thor/ 

Delta configuration. Increased size was used to accommodate existing 

electronic packages, with higher safety and design factors to reduce design, 

development, and testing. The next two configurations used various existing 

aeroshapes and parachutes. Aeroshapes that were considered included 

Viking, Apollo, and PAET. Existing parachutes evaluated included those 

from Viking, Apollo, a i rcraf t  cargo, aircraft decelerators, and satellite 

recovery. With these three configurations, the lowest cost approach was 

sought by optimizing the electronic hardware packages. The next block of 

configuration tradeoffs evaluated a two-stage versus single stage parachute 

versus an unstaged approach. In an.attempt to reduce peak entry deceleratic 

levels and thereby provide some weight and volume capability to accokmodal 

more existing electronics hardware, two additional configurations were 

examined. One used retrothrusters and the second employed a lifting aero- 

dynamic shape. The final configuration concept used the added weight 

and volume capability of the AtlasjCentaur launch vehicle to accommodate 

an alternative Version 111 science payload, which made maximum use of 

existing instruments to minimize the science development costs. 

5. 1.4. 2 Results of Configuration Studies 

Aeroshapes 

The PAET forebody shape was adopted without change for both large 

and small probes. However, the mounting of the probes into the bus 



required tailoring the afterbody to facilitate installation into the bus. The 

PAET afterbody shape i s  hemispherical, but was modified to a conic shape 

with a spherical cap around the antenna. All other shapes were discarded. 

The Viking configuration placed the c. g. too f a r  aft for  a stable design. 

The Apollo version i s  not stable at subsonic speeds. The lifting entry 

analysis indicated that the maximum peak load reduction is on the order 

of 15 percent. This approach was not considered practical in view of the 

added complexity of the required attitude control system. The reduction 

of entry velocity by a retro-maneuver included schemes with a bus maneuver 

prior to probe release,  probe release f rom an intermediate orbit, and a 

probe retro-maneuver at  entry. None of these schemes provided enough 

peak load relief, considering the fuel weight penalty. At best the peak 

load was reduced to a 146-g level, with a fuel weight penalty equal to the 

weight of the probes. The mechanically staged o r  unstaged versions were 

discarded for the same reasons as in the Thor/Delta study. 

Decelerator Types 

Several combinations of parachute options were evaluated for the 

large probe. The Viking 15.24-meter disc gap band parachute was a m i s -  

application for a direct mortar  single stage deployment, because i t  is 
2 

unable to withstand the 1436.4 N/m dynamic pressure  at  inflation. It i s  
2 designed for a maximum dynamic pressure  of 526.7 N/m and i s  unstable 

at  descent velocities below 3. 05 m/ s .  The descent velocity of a fully in-  

flated Viking parachute a t  6090 km would be 2.44 m/s .  

Each Apollo main parachute i s  a 26.06-meter, 58.97 kg ringsail type 

and the pilot parachute i s  a 2. 19-meter,  11.34 kg ringslot parachute. The 

weight of the Apollo main parachute obviated i t s  use. However, the Apollo 

drogue parachute combined with a Viking parachute was a potential candi- 

date for  a two -stage deployment scheme. This configuration was acceptable, 

but was heavy and resulted i n  a slower descent than desired. The Apollo 

drogue, with a 4.42-meter diameter ringslot was the mos t  viable design 

for  a two-stage deployment approach. The best weight and performance 

was achieved using a new 2.44-meter pilot and a new 4.27 -meter main 

parachute design; however, cost consideration eliminated this version. 

The no-parachute design was also dropped based on the Thor/Delta 



conclusion. The single stage 4.42-meter diameter ringslot parachute was 

selected a s  the preferred configuration (existing a i rcraf t  deceleration 

parachute). 

Descent Capsules 

To permit relaxing tight fabrication tolerances and eliminate the 

structural test model, the safety factor was increased from 1.0 to 1. 2 5  
2 times the limit load impressed at 9.49 MN/m (93. 6 atmospheres). The 

2 ThorIDelta approach was to design for failure at 9.49 MN/m (93. 6 
atmospheres), the pressure at the Venus mean surface level. 

Three pressure  vessel configurations were evaluated for lowest cost. 

Individually sized spheres to accommodate the large and small probe pay- 

loads were the lightest and smallest. Using a common end dome with a 

length of cylindrical center section sufficient to enclose the required 

probe volume was heavier, but permitted eas ie r  access for installation. 

The third design, the Thor/Delta configuration, was selected based on 

ease of installation and access. The cost of a l l  three was essentially the 

same. 

Heat ShieldIThermal Control 

Increasing the heat shield safety factor f rom 1.4 to 1 .6  and using a 

more effective, but denser, heat shield material would reduce the develop- 

ment and material costs 15 to 20 percent and eliminate all of the wind 

tunnel heat transfer tests. Thermal insulation thickness was increased 

to reduce the shell temperature f rom 625 to 5 6 2 O ~  for  a safety factor of 

1. 37. This provides a cost reduction in the thermal balance tests  for the 

post-separation, cruise, and descent phases. 

Electrical/Electronics 

Commonality of battery design was achieved by satisfying the small 

probe requirements with one battery design and the large probe requirementi 

with two of these connected in parallel. To take advantage of a low-cost 

"quantity buy, " the probe bus will also use the same battery cell, though 

not the same battery design. 

Data handling system designs existing f rom IMP, MVM '73, Viking, 

OSO, and Pioneers 10 and 11 were surveyed. The Pioneer hardware was 



selected because of lower cost ,  weight, and power,  bet ter  magnetic prop-  

e r t ies ,  and performance fac tors .  The s a m e  unit would be used in  both 

probes.  

Candidate transponders were  evaluated f r o m  the Pioneers  10 and 11, 

Mar iner ,  and Viking. The Viking unit was selected as most  compatible with 

the l e a s t  modification required for  qualification, and mos t  up-to-date design 

approach. Companies prominent i n  the design of power amplif iers  for space 

applications were  surveyed, but no existing qualified units were  found to 

meet  the probe requirements.  One existing unit would be qualified for the 

sma l l  probe and two identical units used  in paral le l  for  the la rge  probe. 

This approach will achieve hardware commonality and meet  performance 

requirements.  

5. 1 .4 .3  Recornmended Pre -Mid te rm Atlas /Centaur Probe  Configuration 

The  PAET forebody with modified afterbody was selected a s  the 

common aeroshel l  configuration f o r  both la rge  and sma l l  probes,  thereby 

reducing the amount of wind tunnel tes t ing required. The selected single- 

stage parachute configuration i s  the p re fe r red  design and meets  the mission 

and sys t em design requirements  with the l ightest  weight, l e a s t  cos t ,  and 

m o s t  reliable design. The configuration drawings depicting this design a r e  

shown i n  Figures  5 -1 1 and 5 - 12 f o r  the  l a r g e  and sma l l  probes.  The 

selected design has achieved the lowest cos t  by applying the increased 

weight and volume capability of the Atlas /Centaur launch vehicle to gain 

increased safety factors  and design margins .  Common electronics and 

"existing design" components a r e  used  f o r  both probes.  The functional 

block d iagrams a r e  shown i n  F igures  5 -1 3 and 5-14. 
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The use of a science payload consisting of a mix of existing and 

new instruments, plus common instruments where possible, for both probes 

appears promising a s  a cost reduction approach. The recommended 



(pre-midterm)  AtlasICentaur configuration allows incorporating existing 

science instruments  applicable to the probe mission. 

5. 1.4.4 Development of the Final Atlas /Centaur P r e f e r r e d  Configuration - 
Evolution f r o m  Midterm Design 

Many of the conclusions f r o m  the ThorIDelta  tradeoff studies and the 

p r e - m i d t e r m  AtlaslCentaur  study activities a r e  embodied in  the final p r e -  

f e r r e d  AtlasICentaur  design. However, evolution f r o m  the midterm design 

to the final design was influenced by seve ra l  additional fac tors  and tradeoff s .  

These  contributed to the selection of a final design, which in  some a r e a s  i s  

quite different f r o m  that identified a t  the mid te rm review. The pr imary  

fac tors  involved were: 

1) The definition of Version IV science payload. 

2) Fur the r  memory-complexity ve r sus  descent  t ime tradeoffs. 

3)  Additional descent capsule aeroshape development t e s t  data. 

4)  The  higher entry velocities of the 1978 launch opportunity. 

5) Fur ther  evaluation of parachute canopy design relative to the 
wind velocity measurement  experiment. 

Evaluation of the f i r s t  two i t ems  resul ted i n  a decision to employ a 

s lower descent during the parachute phase to simplify the memory  and data 

s y s t e m  design, and led to the definition of a considerably l a r g e r  (6 .  6-meter  

d iameter )  parachute. This,  in turn, caused a re-examination of the p a r a -  

chute stowage and deployment concepts a s  they influenced afterbody and 

antenna configuration. Independent of this  parachute /antenna configuration 

activity,  it was determined that a better solution to descent  capsule a e r o -  

dynamic stabilization was afforded by the simple cen t ra l  perforated disk 

device than by the previously selected f l a re l f in  arrangement .  This opened 

up the possibility for  a m o r e  compact aeroshel l  afterbody design that i m -  

proved aeroshel l  staging reliability and facilitated c l o s e r  coupling of probe 

to bus. These possibil i t ies were  evaluated in  conjunction with stowing and 

deploying the l a r g e r  parachute. 

A s  a r e su l t  of this study, a sharply cu t  back afterbody design was 

selected fo r  the l a rge  probe with an  af t -center l ine located, pilot-deployed 



parachute system. This afterbody design was not, however, appropriate 

to the small probe configuration. The benefits of aerodynamic commonality 

between probes were, therefore, reviewed, and the conclusion was reached 

that the cost and performance benefits of the new large probe configuration 

outweighed those of large and small probe geometric similarity. Other 

factors in this decision were the opportunity it afforded to revert back to 

the small probe ThorfDelta shape which performed best in subsonic wind 

tunnel tests and the likely possibility that forcing identical geometrical 

shapes on two probes with such distinctly different requirements could 

lead to problems in the final design period. Other aspects of the evolution 

to the final design a r e  summarized in Figure 5 -15 ,  with more details of 

the tradeoffs discussed i n  Section 7.0. 

Aside from the overall parachute/antenna/afterbody design consider- 

ations describe$ above, additional canopy design tradeoff studies were also 

performed. These studies stemmed both from the fact that the existing 

F-105 aircraft  decelerator chute previously selected was not compatible 

with the new, slower descent profile and also from a concern about the 

wind measurement aspects of the mission. A goal of very low liftlglide 

behavior during the parachute phase was established in the interests of 

obtaining valid wind measurement data. A review of canopy designs with 

this criterion in mind resulted in the recommendation that a ribless guide 

surface type canopy be used. Finally, no existing chutes were found that 

were of the right general size range, regardless of canopy type. 

5. I .  5 Probe Environments 

Environmental studies were carried out to determine the best estimate 

of the environments that the probes a r e  expected to encounter during the 

mission in terms of maximum ranges or maximum levels. Pr ior  TRW/MM( 

experience has indicated a need for uniform environmental requirements for 

the design and verification of space vehicles, plus a need for a single projec 

source for environmental data. With this approach, the probes and al l  

associated equipment a r e  designed to satisfy uniform project environmental 

design and verification requirements. 



The environments were  determined by mission phase;  i. e. , fabrication, 

assembly  and checkout, transportation and storage, prelaunch, launch and 

t rans-Venus injection, interplanetary cru ise ,  Venus encounter, p re sepa ra -  

tion, separation and probe c ru i se ,  Venus entry,  and descent. In addition 

to categorization by mission phase,  the expected leve ls ,  design l imi ts ,  and 

ult imate factors  of safety and margins were  determined f r o m  which environ- 

mental design and verification requirements could be  generated for  the probe 

components, subsystems,  sys tems,  scientific ins t ruments ,  and scientific 

experiments.  

The AtlasICentaur  Mission Planners  Guide, the General  Environ- 

mental T e s t  Specification for Spacecraft  and Components, the Delta Space - 

c r a f t  Design Res t ra in ts ,  Aerospace Systems Shock Data, and buslprobe 

environmental interfaces were  considered during the generation of informa- 

tion pertaining to the AtlasICentaur  and Thor/Delta launch and interplane-  

t a ry  c ru i se  phase environments.  The Models of Venus Atmosphere (1972) 

was used to generate information pertaining to the near  -Venus and Venus 

environments. 

5. 1. 5.1 Atlas/Centaur  Environments 

The  AtlasICentaur  probes  and associated equipment environments were  

determined in  the manner  cited above. Table 5 - 3  summar izes  the most  

significant mission and verification requirements determined during the 

study. These values along with other environments of in t e re s t  became the 

governing values for  design personnel throughout the study. 

5. 1. 5.2 Thor /Delta Environments 

The ThorIDelta probe and associated equipment environments were  

determined i n  the same  manner  a s  cited above. Had the  ThorIDelta been 

updated for  Version IV nominal probe payloads, the environmental levels 

would be basically like the Atlas  /Centaur levels. The major  environmental 

differences a r e  the lower s t ructural ,  heat  shield and thermal  factors  of 

safety fo r  ThorIDelta  due to weight crit icali ty,  and lower launch vehicle 

sinusoidal/random vibration levels. 
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ALL VERSION IV SCIENCE PAYLOAD 

5.2 PROBE BUS AND ORBITER CONFIGURATION TRADEOFFS 

5.2. 1 Configurations Designed for  Version IV Science and a l l  
Atlas/Centaur  Launch f o r  Both Missions in 1978 

Minimum cost  designs, which sat isfy al l  p rogram requirements  fo r  

the  1978 Pioneer  Venus missions,  a r e  defined a s  the preferred 'configura-  

tions and a r e  shown in Figure 5-16. 
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figure 5-16. Pioneer venus ~lrri&s Preferred Mnllguraions 

. ,  . . . 

The spacecraf t  configurations f o r  both missions -a:re based .on a se t  
. , 

of fundamental ,program-defined requirements  plus a group of design 
, . 

dr ive r s  resul t ing f r o m  sys tem and s ~ b g ~ s t e m t r a d e o f f ~ .  The,se require-  

ments  and design d r ive r s  l 'ead ' toan qpti&nal o r b i t e r ~ . ~ a c e c r a f t  and a se t  . . , . . , . , ,  . ,  

of a l te rna t ive  probe bus and orb i te r  designs based on modifying a n e x i ~ t -  
. . . . ,  , . . . . , , . .  > .  

ing spacecraft ,  as shown in  .Figure 5-17. The design d r ive r s  a r e  dis- 

cussed  in-Secti.6ri 5.. 2.2; spac.Gc.raftflaunkh vehicle mkchanical in te r faces  

andpre l iminary ,  de,sign'loeds and envirbnments = r e  d isckssed  in Section' 

5.2.6. , , > , '  , .  . . . ,  . 
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Figure 5-17. Op r i na l  Orb i te rand Altematiw Bus and Orbiter Conf igu la t i ins  lor 
Version IVSciance and A t l a l lCenbu r  Launch of Both Missions in 1978 

5.2.2 Configurations Designed Under the Original Study ALLVERSION Ill 
Ground Rules SCIENCE PAYLOAD 

The original study ground rules called for a much lower science 

data rate (see Sections 3. 3.2 and 3.4.2), required consideration of Thorl  

Delta a s  well a s  AtlasICentaur launch vehicles, and called for a 1977 

probe mission launch date. On the basis of the original ground rules, we 

had tentatively concluded that the  lowest cost program would consist of an  

AtlasICentaur probe mission and a Thor /Delta orbiter mission. The con- 

figurations that were developed to meet the original requirements a r e  

shown in Figure 5-18. The development of these configurations was 

based on the same design drivers a s  those referred to in Section 5.2. 1. 

These design drivers a r e  considered in some detail in Section 5.2.3. 

Table 5-4 presents the estimated cost variations that would result 

f rom selection of various configurations other than the preferred earth- 

pointing designs. 
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Table 5-4. Added Cost of Configurations Other 
Than the Preferred Earth-Pointers 
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THE SMALL PROBES. FURTHER COSTS WOULD BE INCURRED IF IT WERE 
ADAPTED FOR SEQUENTIAL RELEASE. 
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0 
a The two other orb i te r  configurations shown in  F igure  5- 16 a r e  the  
9 > perpendicular spinner with a 31-watt t r ansmi t t e r  and fanscan antenna 
2 (which would have been p re fe r red  fo r  the pre-Version IV science payload 
U z with i t s  low data r a t e  requirement)  and the 12-watt vers ion  of th is  con- 
W 
3 figuration (shown in  F igure  5-18 a s  Option 3). Of these,  the 31-watt - - - 

design was est imated t o  cos t  about the s a m e  a s  the  prefer red  ear th-  
Z 

pointer and the 12-watt vers ion  was estimated to cost  about $140, 000 
rn 

less .  Neither of these  configurations, however, could provide the high 5 

2; data ra te  required for  the  Version IV payload. 

5 .  2. 3 Design Drivers  ALLCONFIGURATIONS 

Each of the following configuration design d r ive r s  was examined to  

a r r i v e  a t  the  most  cos t  effective combination in t e r m s  of the spacecraf t  

designs. Together with o ther  tradeoffs (described in the  subsystem 

definitions of Section 8) that have l e s s  d i rec t  effect on the configurations, 

these  design d r ive r s  f o r m  the  basis  f o r  the  spacecraf t  sys tem configura- 

tions. This section presents  an  overview of the detailed work that was 

done during these tradeoff studies. 

5.2. 3. 1 Spin-Axis Orientation 

The relative positions of the sun, ear th,  and Venus a r e  the funda- 

mental considerations that  affect the choice of nominal spin ax is  orienta- 

tion f o r  which the re  a r e  t h r e e  hasic alignments: earth-pointing, normal  

to  the ea r th  and sun lines,  and normal  to  the spacecraf t  orbit  about Venus. 

The  choice of spin ax is  orientation affects overal l  science accommo- 

dation, choice of antenna, and design of the so la r  a r r ay .  F o r  the probe 

mission, l a rge  probe t h e r m a l  control is a lso  a major  consideration, a s  

shown below. 

Probe  Bus 

Before Venus encounter the  demands on the communication subsys- 

t e m  a r e  minor  in t e r m s  of both power and antenna gain. Most of the  

science is inactive during f r a n s i t  s o  i t s  power requirements  a r e  small. 

Attitude control requi res  l i t t le power and the rma l  control  needs none, 

except fo r  heater  requirements  associated with the  basic alignment 

choice. 



ALL CONFIGURATIONS 

The small probes can be thermally controlled by insulation that can 

be moved out of their paths before probe release. The large probe, how- 

ever, constitutes a major radiating surface which would require either 

heaters or a jettisonable thermal cover, a s  shown in Figure 5-19. This 

problem can be solved by orienting the spin axis toward earth s o  that the 

large probe can be pointed toward the sun most of the time for solar  

heating. There i s  an early period during transit, however, when elec- 

t r ica l  heating would be required unless the spacecraft is  maneuvered to  

keep the solar heat input at a proper level. The conical a r r ay  makes this 

possible, a s  shown in Section 5. 2. 2. 3. During this period, the space- 

craft would communicate through the ornni antenna. 

V 
METHOD I NOT ACCEPTABLE (WE5 NOT MAINTAIN LARGE PROBE TEMRRATUREI METHODS 2 3. 5 REQUIRE HEATE6 AND THEREFORE 
INCREASED SOLAR ARRAY AND INCRESEO BATlERY WWER W R  MANEWER WHEN THE SUN ANGLE DEPARTS SIGNIFICANTLY FROM 
I 9 RADIANS W DEGREES). METHOD 4 ADDS WEIGHT (NOT CRITICAL W R  ATLAUCENTAUR. BUT HIGHLY CRITICAL FOR THOR DELTA1 
AN0 MECHANICALCOMPLEXLTY FORMOUNTING. LOCKING AND UECl lNG THEsMALCOVER) THAT RULES IT OUI FOR BOTH LAUNCH 
VEHICLES. MNHOD 6 iS ilEtOMMENOED. IT MAINTAINS LARGE PROBE TEMPERATURE BY SEVERAL MANEWERS AFlER FIR51 55 DAY5 OF 
MISSION AND BY EARTH FUlN l lNG THEREAFIERTO MAINTAIN APPROPRIATE TEMPERATURE CONTROL 

[ZERO COMPONENT POWER DISSIPATION WITHIN PEOBE) 

, . . .  . 
Figure 5-19. Effeti cd S p i n - h i s  O r i e n t a t i n  on mermal Conlmi of Law Pmbe 

. . 
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JEllISONALE 
MULTILAYER 

The recommended scheme i s  a modified earth pointer, which per- 

mits control of spin axis pointing to eliminate the need for any heater 

power and yet maintains required antenna orientation throughout the 

mission. The solar  aspect angle would vary from a ~ n i m u m  of 0.21 
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ALL ORBITER CONFIGURATIONS 

Orbiter 

The spin axis orientation preferred for the orbiter i s  earth pointing 

because it permits a fixed high-gain antenna similar to the Pioneer 10 

and 11 design. The ion and neutral mass  spectrometers would have to  be 

mounted on a deployable gimballed platform to  achieve the proper ram 

angle. This adds some complexity to  science data reduction and to  ground 

control operations for periodic updating during orbital operation to  main- 

tain r a m  pointing angles. The large fixed reflector, however, permits 

substantial growth in science data rate. 

F o r  the Version III science payload, the science data rate was low 

enough that a fanbeamlfanscan antenna configuration was adequate; then 

the recommended spin axis orientation would have been normal to  the 

earth line and sun lines (except near syzygy, when an attitude normal to  

earth line and nearly normal to the orbit plane of Venus i s  maintained). 

This simplified data reduction and eliminated the need for  a ram platform. 

With the much higher data rates, and with a normal spin axis, however, 

a large despun antenna (with attendant cost and reliability degradation) 

would be required. 

On the basis of cost, then, the earth pointing orientation is  

recommended for the orbiter. 

As  indicated in Figure 5-17, however, an existing TRW spacecraft 

could be adapted for these missions. This would have t o  be oriented 

normal t o  the earth line, and would also require simultaneous small  probe 

release. This i s  described ia Section 5.2.3.4. It was studied on the 

basis that adaptation of an  existing design might result in the lowest cost 

configuration. This turns out not to be the case, and there a r e  other 

undesirable features, a s  will be seen. 

A configuration with i t s  spin axis normal to the plane of the space- 

craft orbit about Venus would require a double-gimballed antenna, which 

would further increase cost and complexity and decrease reliability. This 

approach was, therefore, rejected. It was used with great success for 

the Atmospheric Explorer but, i n  this application, high data rate commu- 

nication could be achieved with a low-gain antenna in earth orbit. 



5.2. 3.2 Antenna Selection ALL PROBE CONFIGURATIONS 

Probe Bus 

As stated in the previous section, the choice of antennas is  less a 

design driver for the probe bus configuration than a logical consequence 

of the choice of spin axis orientation. Given the selection of an earth 

pointer (with variable orientation for 'large prdbe thermal control) the 

choice of antennas is  clear: two flight-proven omni antennas, one pointing 

forward and one aft, provide 6. 28-radian (360-degree) communication 

coverage through the second midcourse maneuver, and a proven medium- 

gain horn fulfills al l  communication requirements for the remainder of 

the mission. 

I£ the spin axis i s  normal to the earth line (as it would be for the 

alternative configuration) an additional medium gain, fanbeam antenna 

would be required for downlink and a fanscan antenna for uplink. This 

adds appreciably to the cost. 

Orbiter . , 
ALL ORBITER CONFIGURATIONS 

For  a design with spin axis normal to the earth line, a fanbeam 

Franklin a r r ay  (see Figure 5-20)  i s  the lowest cost antenna configuration. 

It is  the same device a s  that used o n  Pioneers 6  through 9. Since it is  

fixed, it interfaces simply and directly with the spacecraft subsystems 

but its modest gain capability does call  for  considerable transmitter 

power to work with the 26 meter DSN subnet even with the relatively low 

data rates of the initial study guidelines. Adding a fanscan section pro- 

vides a precise attitude determination capability. 

With the higher data rates required for science by the 13 April 

redirection, however, antenna selection does become a design driver; 

the fanbeam i s  no longer a viable alternative. The large, earth-pointing, 

fixed reflector (similar to  the dish used on Pioneers 10 and 11) provides 

a high-gain, low-cost, reliable solution of the problem with low trans- 

mit ter  power requirements. This is  shown in our preferred configuration. 

A despun reflector fed by a Franklin array,  similar to the system 

used on Hel,ios, would also meet higher data transmission requirements 



Fiqure 5-20. Orhiter Antenna Tradeoiir 

(11 (2) ibr B 

0.82M 

but would impose a cost and reliability degradation implicit in the addi- 

tion of a despin mechanism. A despun hornfflat-plate reflector combina- 

tion (as used on Intelsat 111) i s  physically large and unwieldy and the 

electronically despun a r r ay  constitutes a new development, which is  

risky f rom both a cost and schedule standpoint. A despun parabolic dish, 

with integral despun feed, would also meet requirements but would bring 

with it the additional interface and reliability problems of a rotary R F  

joint and slip rings. This would offer no advantages, a s  compared with 

the Helios approach, s o  the despun reflector fed by the Franklin a r ray  

would be our optional recommendation. This of course would accompany 

a normal to  earth line spin axis orientation. In a l l  cases, it i s  eas ier  to 

incorporate an  X-band link (for the dual frequency occultation experiment) 

on the earth pointer configuration. 

CHAkACTERISTICS MSPUN PhR48OLIC 

5. 2. 3. 3 Solar Array A L L  CONFIGURATIONS 

Both the configuration of the solar a r ray  (conical or cylindrical) 

and i ts  location (above or below the center of mass  or split and mounted 

above and below) affect spacecraft design and performance. 

UESPUN PARbBOLIC 

The configuration tradeoff, a s  indicated earl ier  in this section, 

favors the conical design for several reasons. Figure 5-2 1 provides 
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ALL CONFIGURATIONS SUN ( ANGLE 

SUN ANGLE 

Figure 5-21. amparison B e t w n  PowrOuiputs of Conical and 
Cylindrical Arrays 

comparative performance data relating t o  th is  choice. F o r  the  compari-  

son, both configurations were  s ized t o  produce the s a m e  power a t  a so la r  

aspect  angle of 1.66 radians (95 degrees) .  Although the conical a r r a y  

requires  about 8 percent m o r e  ce l l s  than the  cylindrical form, i t s  output 

is higher a t  the low sun angles that r e su l t  during maneuvers. This  gives 

the  flight operations c rew freedom t o  maneuver without haste through a 

wide range of attitudes without concern  f o r  battery power management 

and saves on overall  a r r a y  s i ze  by eliminating the need for power t o  heat 

the  la rge  probe. 

Both probe bus and orb i te r  have t o  maneuver a t  low sun angles. 

Specifically, the solar  aspect angles fo r  the  bus a r e  between 0.21 and 

0.70 radians (12 and 40 degrees)  during probe release.  The probe bus 

and orbi ter  maneuvers f o r  midcourse cor rec t ions  can  be made a t  a lmost  

any angle. Consequently, we recornmend a conical a r r a y  for  both 

missions.  

Probe  Bus ALL PROBE CONFIGURATIONS 

The study shows that a 0.39 radian (22.5 degree) cone angle provides 

a good compromise between the needs of the probe and orbi ter  miss ions  

a s  well a s  providing hardware commonality (see Section 8. 1). 



A cylindrical a r ray  could be used, i f  the spin axis were normal to 

the ear th  and sunlines, but this (as indicated in Section 5. 2. 3. 1) would 

require either a large, heavy, jettisonable thermal cover for the large 

probe o r  it would require heaters. To provide additional power for the 

heaters, f o r  example, would require a 50 percent increase in a r ray  size 
W alone. This approach is, therefore, not recommended. 

a 
_1 

To keep the a r ray  cool (and thereby minimize the number of solar 
2 
a cells for  a given power output), it is  mounted above the equipment com- 

partment s o  that it can radiate t o  space. Decoupling it in this way from 

the equipment compartment thermal control system also permits greater 

freedom in mounting equipmelit and science instruments. The forward 

location also facilitates adjustment of the center of mass  below the solar 

a r r ay  and s o  facilitates mounting the small probes in the plane of the 

center of gravity for sequential release. It does introduce some attitude 

drift due to light-pressure but this i s  small [about 0. 001 radian (0. 1 de- 

gree)per day or  less  for the preferred configuration]. 

Orbiter ALL ORBITER CONFIGURATIONS 

With the spin axis normal to the Venus orbit plane, a cylindrical 

a r r ay  would be adequate for the orbiter nut would not provide the opera- 

tional flexibility during maneuvers that is  provided by the conical con- 

figuration. Nor would it maintain hardware commonality between the two 

missions. This configuration could be converted t o  an ear th pointer, 

however, simply by replacing the fixed parabolic reflector with a despun 

reflector; the additional power could easily be provided by increasing the 

depth of the solar  a r ray  panels. 

The forward location of the a r r ay  does make it more susceptible to 

attitude drift due to solar pressure,  particularly for the ThorfDelta ver- 

sions, because the center of pressure  of the spacecraft configuration i s  

displaced f rom its  center of mass. This drift could be removed by 

splitting the array,  with a forward portion (identical t o  the probe bus 

a r ray)  and an added after-portion around the equipment compartment. 

This would eliminate attitude drift  by balancing out the light pressure but 

the aft a r r a y  would have to  be back-insulated. With conventional a r ray  

packing factors, this would ra ise  solar  cell temperatures to  near their 



upper limits. So a reduced packing factor and conducting substrates 
. . 

would be necessary to provide an acceptable dell temperature 'margin. .A 

further complication of the split a r r ay  i s  that i t  makes it d i f f i c & ~ t t o . ~ r o -  ' 
. '  

. .  . . .  
vide acceptable viewing angles for the spectrometer instruments. 

. . .  ,. 

y 5.2. 3.4 Sequential Versus Simultaneous Small Probe Release 

: 
2 Both methods of probe release a r e  capable of separating the smal l ,  

" 

2 probes for geographical dispersion upon arr ival  at  Venus. With simul- 
12 
$ taneous release, geographic separation is  achieved by increasing the spin 
0 
LI rate. The higher it is,  the greater the separation. Sequential release, 
W 
m 

2 however, permits better control of separation both spatially (for geo- 

LL 1 graphical dispersion) and in time (for the added advantage of redundant 
.. . 

a communications coverage by the DSN). 

This capability for careful targeting (and, i f  necessary, retargeting) 

also provides the capability for entry at or near zero angle of attack, 

which reduces wobble. This, in turn, facilitates determination of atmos- 

pheric density on the basis of data from the axial accelerometer, which 

i s  the only means of estimating the density, and hence the composition. 

of the upper atmosphere. 

Sequential release does require that the centers of mass  of the 

small  probes be in the same plane a s  the composite center of mass of the 

bus after large probe release. The release of each small probe then 

causes spin axis translation without nutation, or tipping of the spin axis 

with respect to the mechanical axis. 

This constraint on spacecraft center of mass  requires the center of 

mass  of a l l  expendables to  be located at  the station common with the probe 

centers of mass. This requires an equipment platform for mounting the 

smal l  probes, expendables, and most spacecraft equipment, and is  con- 

sistent with sequential release. The need to maintain the inertia ratios 

of the bus ~ 1 .  10 at all t imes also drives the mounting stations for the 

small  probes and most spacecraft equipment close together. This i s  dis- 

cussed in Section 6.2. 

5.2. 4 Probe Bus Configuration Details 

Probe bus spacecraft were configured for both launch vehicles. The 

configurations al l  use a central cylinder to interface with the launch 



vehicle and to  support the la rge  probe. An annular equipment platform 

i s  supported by the cen t ra l  cylinder and by a t r u s s  system. The sma l l  

probes a r e  supported f r o m  the  platform, with the i r  centers  of m a s s  in 

the  s a m e  plane a s  the spacecraf t  composite center  of m a s s  a f te r  l a rge  

8 probe r e l ease  in order  to  allow sequential  re lease.  Most of the bus 
LU 
m science instruments  and spacecraf t  subsystem components a r e  mounted 

LL t o  the platform. The conical so la r  a r r ay  is supported by the t rus s  
J 

system. 

The spin axis orientation selected fo r  each probe bus i s  nominally 

ear th  pointing, t o  maintain l a r g e  probe the rma l  levels  during transit ,  a s  

descr ibed in  Section 5.2. 3. 1. 

5. 2. 4. 1 Thor/Delta P robe  Bus Configuration @ T/D I l l  

The probe bus configuration fo r  the  Thor/Delta  launch vehicle i s  

shown in F igures  5-22 and 5-23, and a weight summary  in Table 5-5. 

This configuration meets  a l l  initial requirements  but, in order  to  provide 

an  adequate weight contingency, seve ra l  weight-saving items a r e  incor-  

porated in the configuration. These include a silver-zinc battery and a 

beryllium cent ra l  cylinder, which provide sufficient contingency but add 

t o  the cost. 

5.2.4.2 AtlasIC entaur P r e f e r r e d  Probe  Bus Configuration 

The Atlas/Centaur  probe bus configuration, F igures  5-24 and 5-25, 

i s  s imi lar  to  the Thor/Delta bus but scaled up to accommodate the l a r g e r  

AtlasJCentaur probes and t o  be compatible with the  Centaur launch vehicle 

s tage and i t s  fairing. The weight statement (Table 5-5) shows an  adequate 

contingency between the  est imated requirement  and the net launch vehicle 

capability fo r  this mission. The l a rge r  AtlasJCentaur probes present  

very  significant cost  advantages over the sma l l e r  ThorIDelta probes. In 

addition, the l a r g e r  platform a r e a  permi ts  eas i e r  subsystem and science 

component installation on the  probe bus. F o r  these  reasons,  plus the 

ample contingency and its capability fo r  additional science, the Atlas/  

Centaur bus i s  the p re fe r red  over the ThorIDelta f o r  the  probe mission. 

This preference has now, of course,  become a requirement  a s  a resu l t  of 

the  13  Apri l  redirection. 



UV FLUORESCENCE (OEPLOYEOI 
. . 

: I .  ' 

. . 

. .. VIEWA'FTSIOE 

Figure 5-22. Recommended ThorlDelta Probe Bur  



Figure 5-B. ThoriDelta Probe Mission Science and Equipment Layout 



APERTURE PLANE DOES NOT INTERSECT ' ANY PARTOF SPACECRAFl BUSTHEREFORE 
EMISSIONS FROM SPACECRAFT OR THRUSTERS 
CANNOT ENTER DIRECTLY INTO APERTURE. 

2. ( DENOTES OTHER CANDIOATE INSTRUMENTS. 

Figure 5-24. AtlasiCentaur Probe Mission Science and Equipment Layout With Other Candidate Instruments 
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Table 5-5. Probe  Spacecraft Configuration 
Weight Summary 

1 I WEIGHT 

THOR/DELTA 
IKG lLB11 

Figure 5-25. P re fe r red  A t las lCen taur  Probe Mlssion Spacecraft I 
1 

~TLas/cENrAun 
IKG ILB)I 

ELECTRICAL POWER 

COMMUNICATIONS 

ELECTRICAL DISTRIBbTION 

DATA HANDLING 

ATTITUDE CONTROL 

PROPULSION (DRY) 

THEIIWL CONTROL 

STRUCTlRE 

BALANCE WEIGHT PROVISION 

Pa08E BUS LESS SCIENCE (DRY) 

SCIENTIFIC INSTRUMENTS -BUS 

pnosr BUS (DRY) 
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SPACKR4FT (DRY) 

m R / I Z I N E  PROPELLANT AND PRESSURANT 

SPACECRAFT LESS CONTINGENCY 

CONTINGENCY (NET ALLOWABLE)' 

GROSS SPACECRAFT AFTER SEPARATION 

'PERCENTAGE VALUES ARE RELATIVETO THE DRY SPACECRAFT WEIGHT. 

. .~ 

15.7 (34.7) 

9.4 (20.8) 

12.2 (26.8) 

3.9 (8.5) 

2.3 (5.1) 

6.8 (14.9) 

10.4 (23.0) 
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- 2.7 - (6.0) 
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- 11.2 - (z4.6) 

118.7 1261.6) 
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- 19.1 - (42.8) 

- 24.8 (id8) 
17.3%) 

- - 

21.5 (47.4) 

13.2 W.1) 
15.5 134.1) 

3.9 (8.5) 

2.7 (6.0) 

1.9 (17.4) 
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2 - (12.0) 

161.0 1355.0) 

- (30.3) 
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1 1 7 . 5 % 7  

3 8 1 1 ( 8 1 9 . 0 ) 7 8 2 . 0 ( I R " . D )  - - 



5.2. 4 . 3  Alternative Design Based on DSCS-I1 Spacecraft 

Severa l  existing spacecraf t  configurations were  examined fo r  

adaptation t o  a Pioneer  Venus design, but none proved a s  cost  effective 

a s  the p re fe r red  design. The DSCS-I1 spacecraf t  a t  f i r s t  appeared a s  an 

excellent candidate fo r  conversion but detailed examination showed that  

the  modifications required to convert this  communications satell i te 

(which i s  designed for  operation a t  synchronous orbi t )  for  the Pioneer 

Venus mission compromised performance and cost  m o r e  than designing 

a s imple,  reliable,  flexible pa i r  of spacecraf t  specifically for  the Venus 

missions.  

Figure 5-26 shows the probe miss ion  spacecraft  based on DSCS-II. 

Notably, only a fract ion of i t s  solar a r r a y  a r e a  i s  required, and accom- 

modations fo r  the probes requi re  extensive s t ruc tura l  changes and addi- 

tions. A new launch vehiclelspacecraf t  adapter i s  required t o  support 

the four spacecraft  attachment points t o  the continuous Lntelsat IV adapter  

a t  the forward  end of the Centaur. 

F g ~ r e  5-26. Lxirting DSCS- I  I is Costly to Adapt e m  lor S i m u l t a n m ~ s  Releare 
01 S m  I Pmbes and W ~ l d  be even m r e  Coslly lo Adapt for 
Sequential Release 



Only if  we a r e  willing to  sacrifice sequential smallprobe:rel.ease, 
. . 

can the DSCS-11 be converted for  the probe. mission. However.;..the struc- .3 

ture i s  considerably heavier (note that the DSCS-11 spacecraft was de- 
. . 

signed to  supGort another idehtical vkhicle fdrward dfif) ,  and the result- 
. . . . .  . 

ing weight c ~ n t i n ~ e h c y ' f o r  the ~ t l a s / C & t a u r  for the probe'missidri is  
. , , . 

very small (-1. 1 percent).  en for an existing design, th is& nbt 
.. . , ., , , 

adequate. Fo r  the orbiter, the corresponding conti&ency would'bk'7 

percent. I . .. , 

The sacrifice of sequential release, the relative difficulty of attain- 

ing desired instrument fields of view and mounting some spacecraft 

equipment, the lack of growth, and ab&e al l  the cost 'of thiS adaptation, 
, . 

lead us to  select the earth-pointing configurations. Thrbbghout the  study, 

a s  we considered design changes t o  eliminate each of the adaptation's 

disadvantages, we were quickly led to the preferred bus design of 

Figure 5-24. 

5.2.5 Orbiter Configuration ~ e t a i i s  ALL ORBITER CONFIGURATIONS 
, . . , .  

The configuration tradeoff discussions of Section 5.2. 1 indicated 

that more than one combination of configuration drivers merits  careful.  

consideration. Therefore several  orbiter spacecraft configurations have 

been formulated: a preferred design, and three options using different 

combinations of spin axis orientation and antennas. The fundamental . , ' ,  

drivers for each launch vehicle a r e  identical but, by taking advantage of 
+ 

the Atlas/Centaurls higher payload weight capability, we have been able 
. .  . . . . . 

to  use less expensive components. Only the preferred configuration and 

one option, however, a r e  viable with the Version IV science payload. 
. . , , 

. . 
Each orbiter, configuration has been designed to  maintain maximum 

. . . . . ~ 

commonality with the corresponding probe bus for each launch vehicle 
, ' ,  , . 

candidate. The common elements a re :  
' 1  : . < 

Launch vehicle interface 

Central cylinder,  accommodating thk orbit'inskrtion mbtor and 
supporting the' antenna assembly. 

< .  , . ,  . . Equipment platform, with'= different s e t  of cutouts and inserts  . . . .  . . : . . 

Solar a r r ay  and platform supporting t russ  



w Spacecraft subsystem components 

Solar a r r a y  conical angle. 

The primary orbiter configuration tradeoffs for  a given launch 

vehicle involve i ts  spin axis orientation and communications subsystem. 

The power subsystem (and, therefore, the solar  a r r a y  requirement) i s  

derived f rom these selections. 

Normal to Earth Line 

With the spacecraft spin axis normal t o  the ear th  and sun lines, 

the initially specified orbiter science system requirements a r e  satisfied 

without the need for a gimballed ram platform. The spin axis orientation 

impact on science i s  described in Section 3.2. 

The difference between the several normal-to-earth-line configura- 

tions i s  in their a r rays  of antennas and power amplifier. Figure 5-27 

shows a design utilizing a despun reflector antenna, similar  to the Helios 

design. Forward and aft omni antennas, and a cocked fanbeam antenna 

(for fanscanning) complete the antenna complement. A conical solar 

a r r ay  retains commonality between the orbiter and probe bus a r rays  and 

a lso  allows off-normal operation without concern over power management. 

This configuration, designated a s  Option 1, provides a high data rate, 

conscan capability for attitude determination, and omni antennas for  a l l  

attitude communication during maneuvers. It a lso  uses  a 12-watt solid 

state transmitter. 

With the 64-meter subnetwork, it is feasible to reduce the space- 

craft  communications capability by replacing the despun reflector antenna 

with a fanbeam antenna, similar  to the device used on Pioneers 5 through 

9. A tilted fanbeam, for fanscan, and forward and aft omni antennas 

complete the antenna complement (Figure 5-28). The 12-watt transmitter 

is retained. This configuration, designated a s  Option 3, has the smallest 

power requirement and therefore the srnallest ar ray,  which reduces sus- 

ceptibility to  solar  pressure  torque (due to the equivalent center of pres- 

sure being displaced f rom the center of mass;  see  Section 8.5). This 
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$ TID III configuration i s  the least expensive of the ThorlDelta orbiter designs and 

shows the highest allowable weight contingency. 

By increasing the power of the transmitter,  the fanbeamlfanscan 

configuration can be made capable of using the 26-meter DSN subnetwork. 

A 31-watt TWTA transmitter with the fanbeam antenna meets this re-  

quirement; this Optiofi 2 spacecraft is  shown in Figure 5-29. Its solar 

a r ray  i s  enlarged for the higher power transmitter. The higher, power 

TWTA is more efficient than the solid state transmitter, but a heat sink 

is  required to maintain acceptable TWT temperatures. The TWTA itself. 

is  also significantly heavier than the solid state device. 

In order to maintain a weight contingency similar to the 12-watt 

fanscan configuration of Figure 5-28, it was necessary to incorporate 

several changes that further increased the cost of this design. These 

include incorporation of a silver-cadmium battery instead of nickel- 

cadmium, and a beryllium central cylinder. Because this i s  the minimum 

spacecraft that meets al l  program requirements, it was the preferred 

Thor/Dclta configuration before the Version IV science requirements 

were announced. 

Another possible configuration incorporated an electrically despun 

antenna instead of the mechanically despun reflector of Option 1. This 

is  shown in Figure 5-30. Because of its higher development cost and 

risk, this arrangement was not carried any further. 

@ TID Ill Earth Pointer. For  an earth pointing spin axis, a fixed high-gain 

parabolic antenna can be used to provide high gain and high bit rate 

telemetry during Venus orbit (Figure 5-31). The communication subsys- 

tem is  based on a 12-watt solid state transmitter. An offset feed provides 

conscanning, and the aft reflector antenna provides communications and 

conscan functions during transit. A conical solar a r r ay  supplies space- 

craft power. 

This design i s  probably the only ThorIDelta version which could be 

upgraded to  car ry  the Version IV science compliment while retaining an 

adequate weight margin. A deployable, gimballed experiment pIatform 

i s  required to achieve the proper ram angle required by the ion and 



Fiqure 5-29. ThoriDelta Orbi ter  36-Watt FanbeamiFanscan 



FORWARD OMNl ANTENNA 

______lf 
MEDIUM GAIN ANTENNA, 
FANBEAM (10 ELEMENT) 

ELECTRONIC DESPUN 2- 

RADAR 
ANTEN 

ANTENNA 

Fiqure 5-33. ThorIDelta Orbiter Mission Spacecraft Normal-to-Venus Orbital Plane Electronic Despun Antenna 

PLANE 

neut ra l  m a s s  spec t rometers ;  i t s  design would use  the s a m e  deployment/ 

gimballing device used by the r a d a r  a l t imeter  antenna experiment. This 

configuration requi res  software programming and a t  least  weekly updating 

to  maintain r a m  pointing angles,  which adds some burden to  flight opera-  

t ions activities. 

Table 5-6 compares  the weights of the four Thor/Delta o rb i t e r  

configurations, and includes, f o r  the  p re fe r red  configuration, the changes 

required t o  meet  a minimum acceptable weight contingency. It is noted 

that fo r  the At l a s fcen tau r  orb i te r  configurations the weight saving (and 

costly) changes a r e  not required,  a s  will  be seen  in the next paragraph. 



Figure 5-31. ThorlDeltaEarth Pointer 



Table 5-6. Thor /  Delta Orbi te r  Configuration 
Weight Comparison Summary 

31-WATT FANBE4M 
DESCRIPTION FANSCAN 

IKG (L811 

ELECTRICAL POWER 

COMMUNICATIONS 

ELECTRICAL OISTRIBWION 

DATA HANDLING 

ATTITUDE CONTROL 

PROPULSION (DRYJ 

SOLID INSERTION MOTOR (BURNOUT) 

THWML CONTROL 

SlRUClURE 

BALANCE WEIGHT PROVISION 

SPACECRAFT BUS LESS SCIENCE (DRY) 

SCIENTIFIC INSTRUMENTS 

SPACECRAFT (DRY) 

INSLPTION MOTOR EXPENDABLES 

HYDRAZINE PEOPELLANT A N D  PRESSLRANT 

SPACECRAFl LESS CONTINGENCY 

CONTINGENCY (NEl ALLOWASLEY 

GROSS SPACECRAFl AFTER SEPARATION 

-PERCENTAGE VALUES ARE REMTIM TO THE DRY SPACKRAFI WEIGHT. 

12-WATT FANBEAM 
FANSCAN 
[KG (LB11 

POINTER REFLECTOF 
IKG (L8)I 

5.2. 5.2 At l a s fcen tau r  Configurations & NC 111 &>C,III &>C I l l  

The AtlasICentaur  orb i te r  configurations a r e  based on maximizing 

commonality with the  Atlas/  Centaur probe bus, which in turn  was scaled 

up f r o m  the ThorIDelta bus configuration to  accommodate the l a rge r ,  

m o r e  cost-effective Atlas/Centaur  probes. Thus, the  AtlasICentaur  

orb i te rs  a r e  s imi lar  to  the  ThorIDelta  orb i te rs  but scaled up t o  be com- 

patible with the l a r g e r  Centaur shroud. 

F igures  5- 32 through 5-35 show the p re fe r red  Atlas/  Centaur con- 

figuration and the designs fo r  Options 1, 2, and 3 (which correspond to  

the ThorIDelta designs). The main difference between the Atlas /Centaur 

options and the ThorfDelta  versions i s  that the At l a s fcen tau r  options do 

not incorporate the weight-saving i t ems  that  were  necessary  t o  meet  the 

Thor/  Delta weight constraints.  Table 5-7 i s  a weight comparison sum-  

m a r y  of the four At l a s fcen tau r  orb i te rs  and shows that, i n  each case,  

the available contingency i s  m o r e  than sufficient. 
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Table 5-7. Atlas/Centaur Orbi ter  Configuration 
Weight Comparison Summary 

COMMUNICATIONS 

ELECTRICAL DISTRIBUTION 

DATA HANDLING . '  

ATTITUDE CONTROL 

PROPULSION (DRY) 

SOLID INSERTION MOTOR (BURNOM) 

THERMAL CONTROL 

BALANCE WElGWl PROVISION 

SPACECRAFT BUS LESS SCIENCE (DRY) 

SCliNTlFlC INSTRUMEMS 

SPACICRAFI (DRY) 

INSERTION MOTOR EXPENDABLES 

HYDRAZINE PROPELLANT AN0 PRESSURANT 

SPACECMFI LESS CONTINGENCY 

CONTINGENCY (NET ALLOWABLE)* 

GROSS SPACLCRAFI AFIER SEPARATION 

'PERCENTAGE VALES ARE RELlrTlVE TO THE DRY IPACKRAFT WEIGHI. 
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For  the Version IV science payload, only the prefer red  and Option 1 

orb i te rs  a r e  viable, a s  shown i n  F igures  5-16 and 5-17, because of the 

limited data ra te  capabilities of the other configurations. 

5.2. 5. 3 P re fe r red  Atlas/Centaur Orbi te r  Configuration @A/C I V  

The prefer red  orb i te r  configuration i s  shown in  F igure  5-36. It is 

the lowest cost  design that  meets  the  requirements of the  Version IV pay- 

load and all 1978-launches with At las tcentaur .  



F o r  the Version LU science payload, specifying t h e  AtlasICentaur 

fo r  both missions,  we had selected the ThorfDelta 31-watt fanbeam fan- 

scan  configuration a s  the  lowest cost  design, which could operate with the 

26  m e t e r  DSN subnet. Our studies had shown that the  additional cost of 

the  Atlas/Centaur launch vehicle was grea ter  than the additional cost of 

designing and building an  orb i te r  for  fo r  the ThorfDelta  (which would 

meet  the original p rogram requirements  and have an adequate weight 

contingency fo r  the  ThorfDelta).  

NASA's selection of the At las fcentaur  fo r  both missions,  therefore,  

implies that additional cos t  fac tors  a r e  being considered (beyond the $9- 

million launch vehicle cost  that was originally provided a s  a working 

figure). The following i tems summarize  our understanding of these addi- 

t ional fac tors  : 

Savings a r i s ing  f r o m  the  use of a common launch vehicle for two 
launches 3 months apart .  These include launch vehicle procure- 
ment,  NASA management costs  and reduced launch operations 
cost. 

Uncertainty i n  the definition of the orb i te r  science instruments  
and the i r  requirements ,  and lack of margin  in the ThorIDelta 
orb i te r  t o  meet  possible increased requirements.  

The des i r e  to avoid the development of a spacecraf t  which is too 
constrained to  be useful in possible follow-on missions to Venus 
o r  Mars.  

5.2.6 ESRO Configurations 

The p r imary  impact  of ESRO participation is the  orbit insertion 

sys t em and antenna for  the orbi ter  mission. 

ESRO's p re fe r red  orbit  inser t ion sys tem is the regulated p res su re -  

fed  liquid bipropellant Symphonie r e t r o  design, a s  descr ibed in the MBB 

study. It i s  fully qualified. F igure  5-37 shows the  orb i te r  spacecraf t  

with this  NZ04/Aerozine 50 monotank sys tem and the Helios despun r e -  

f lec tor  installed a s  s ized t o  be launched by the ThorIDelta. The main 

impact on the configuration is the  s ize  of the cen t ra l  cylinder required to 

accommodate the propellant t a n k  The despun ref lector  of the Option 1 

orb i te r  (see Section 5.2.4) i s  f r o m  Helios and is the  antenna recommended 

t o  ESRO in  the MBB study. If this  i s  t he  selected s y s t e m  fo r  the orbi ter  
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spacecraft ,  the probe bus spacecraft  will be configured with a c o r r e s -  

ponding cent ra l  cylinder, f o r  maximum s t ruc tura l  commonality between 

missions,  a s  shown in Figure 5-38. 

5.2.6. 1 Liquid Versus Solid Orbi t  Insertion Propulsion 

An alternative t o  the liquid r e t r o  sys tem is the SIR10 solid pro- 

pellant motor,  a s  described in  the MBB study. This motor  would be inter- 

changeable with the all-NASA solid orbit  inser t ion motor  (described i n  

Section 8.6), and therefore would have no impact on the configuration. 

When used with the ThorfDelta, the multiple r e s t a r t  capability of 

the liquid engine opens up the possibility of a l so  using it a s  a fourth stage 
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Figure 5-38. ThorlDelta PrWeMisrion spakcraft  ESRO Propulsion 

and to perform the f i rs t  midcourse correction. It appears that a net pay- 

load increase to Venus orbit of a s  much a s  13.6 kilograms (30 pounds) 

could be realized with this multiple use; if used only for f i rs t  midcourse 

correction the increase would be 2.5  kilograms (5.5 pounds), which re -  

sults from the difference between the specific impulse of the bipropellant 

(305 seconds) versus the hydrazine RCS (220 seconds). In either case 

additional pyrotechnique valves would be required to insure no leakage 

during the cruise period. In the AtlasICentaur version, the full capability 

of the tankage is  devoted to  orbit insertion. There is no known European 

solid propellant motor suitable for this version. 

5. 2. 7 Spacecraft/Launch Vehicle Mechanical Interfaces 

The envelope describing the maximum physical dimensions of the 

spacecraft is shown in Figures 5-39 and 5-40 for Thor/Delta and Atlas/ 

Centaur launch vehicles. 



F o r  Thor/Delta ,  the  interface with the  TE-364 th i rd  s tage i s  a 

s tandard 25 x 12 o r  37 x 31 spacecraft-to-launch-vehicle adapter ;  the 

f o r m e r  i s  s t ructural ly  adequate and significantly l ighter  than the la t te r  

and s o  i s  the recommended selection. Spinup i s  accomplished by a 

s tandard spin table, before f i r ing the th i rd  stage motor.  

The interface with the Centaur s tage i s  a s tandard Mariner-Venus- 

Mercury (MVM) adapter,  to which a new spacecraft  a t tach fitting will be 

bolted. This new fitting interfaces with the spacecraft ,  using a separable 

V-band clamp. An existing, ordnance-actuated 0.96 m e t e r  (37. 75 inch) 

diameter  V-band clamp will  be used fo r  spacecraf t  separat ion f r o m  the 

third stage. This is shown in  Figure 5-40. Thus, a new at tach fitting 

will  have t o  be developed, but the  c r i t i ca l  V-band c lamp will be an exist- 

ing design. No sp in  table is required; the  Centaur s tage will provide 

substantially a l l  of the required spinup, with the  spacecraf t  t h rus t e r s  

supplying any remainder  t o  at ta in the des i red  rate. 

An al ternat ive f o r  Atlasf  Centaur may  be to  use t h e  MVM adapter 

with the MVM at tach fitting, a s  descr ibed in Appendix D t o  NASA/Ames 

Specification No. 2-17502. The spacecraft  would mate  to  the attach 

fitting by means  of an existing 1.4 m e t e r  (55-inch) diameter ,  ordnance 

activated V-band clamp. This scheme would impose a requirement on the 

spacecraf t  t o  m a t e  at the 1 .4  ne ter  (55 inch) diameter. The mating space- 

c ra f t  af t  sk i r t  would have to  be of t r u s s  construction, t o  enable the 

the rma l  louvers on the aft sur face  of the spacecraf t  equipment platform 

to  have a minimum of reflection f r o m  the skirt. Since it i s  desirable  to  

re ta in  the  0.64 m e t e r  (25 inch) diameter  cent ra l  cylinder to  accommodate 

the  orb i t  inser t ion motor  (and support the la rge  probe on the probe bus) 

the  af t  sk i r t  would be relatively shallow which, i n  turn,  would impose 

high radial  loads on the eight mating projections of the MVM attach fitting. 

These loads a r e  not consistent with the  loads imposed on the fitting by the 

MVM spacecraf t ,  and  therefore  the fitting would r equ i re  extensive design. 

Thus, a new at tach fitting i s  a m o r e  effective choice: t he  spacecraf t  sk i r t  

i s  not complicated, and load paths a r e  smooth. 
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5. 2. 8 Preliminary Design Loads and Environments 

Based on flight experience with both ThorlDelta and Atlas/Centaur 

booster system, preliminary design loads and environments have been 

tabulated in Tables 5-8 through 5-1 7, and Figure 5-91. These include 

recommended component qualification levels. Aerodynamic response 

analysis to  reflect the actual response of the spacecraft-booster stackup 

has been performed to update these preliminary values; this is  described 

in Section 8.8. During the hardware design phase, it will be repeated to 

give the final design and test environments. 

Table 5-8. Table 5-9. 
Thor/Delta Design Loads (Limit) Thor /Delta Acoustic Levels 
(Ultimate Factor = i. 5)  (Qualification Level) 

SOUND PRESSURE 
FREQUENCY LEVEL 

37.5 TO 75 

75 TO 150 

150 TO 300 

300 TO 603 

12W TO 2400 138 

2400 TO 4800 

4800 TO 9600 129 

OVERALL 

DURATION l MIN 

Table 5-1 0. ThorIDelta Vibration Environments 
. . ,. , 

(Qualification Level) . ,  .., , 

LATERAL 
(G) 

i2.3 

M.5 

iO.65 

COMBINE AXIAL WITH 
9.42 RAD/S (90 RPM) 
SPIN RATE (0.23 G/IN) 
COMBINE AXIAL WITH 
6.28 RAD/S (60 RPM) 
SPIN RATE 

20 HZ 

CONDITION 

LIFTOFF 

POGO 

MECO 

THIRD STAGE BURNON 

ORBIT INSERTION 
(ORBITW ONLY) 

STIFFNESS REQUIRED 

AXIAL 
(G) 

+Z.9 ,  -1.0 
19.7, -0.3 

112.0. -0 

116.0 

116.0 

35 HZ 
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Table 5 - i i .  
At l as  / Centaur Design Loads 
(Limit) (UltimateFactor = I. 5 )  

CONDITION AXIAL LATERAL 

LAUNCH 

ORBIT INSERTION COMBINE AXIAL WITH 
6.28 RAD/S (60 RPM) 
SPIN RATE 

Table 5 - 1 2 .  Table 5 - 1 3 .  
Atlas /Centaur Vibration Envi ronments Atlas/ Centaur Acoust ic  
(Qualif ication L e v e l )  ~ ' e v e l s  (Qualification L e v e l )  

Table 5-14. Table 5-15. 
Component Design C r i t e r i a  Component Sinusoidal Vibration 
Sustained Accelerat ion (Qualification L e v e l )  
(Qualification L e v e l )  

ACCELERATION 
(G) 

0.015 M (0.6 IN)  
DOUBLE AMPLITUDE 
(2 OCT/MIN) 

22.3 G (2 OCT/MIN) 

0.011 M (0.45 IN) 
DOUBLE AMPLITUDE 

*1.5G 

OCTAM BAND 
CEMER FREQUENCY 

(HZ) 

15.8 

31.5 

63 

125 

2% 

5M) 

loo0 

2023 

4WO 

8000 

OVERALL 

DULATION 

LATERAL 
(RADIAL) 

(HZ) 

5 TO8.5 

8.5 TO 20W 

5 7 0 8  

8 TO 2WO 

SOUND PRESSURE 
LEVEL 
(DB) 

119 

128 

134 

138 

141 

138 

132 

132 

132 

132 

145 

2 M I N  

TYPE 

SINUSOIDAL 

DIRECTION 

AXIAL 

LATEUAL 

TYPICAL - RANDOM MBRATION 

. 

+ 

ACCELERATION 
IG (RMS)] 

- 
9.3 

PSqLEVEL 
(G /HZ) 

6 DB/OCT 

0.045 

THREE 
MUTUALLY 
f AXES 

DIRECTION 

AXIAL 

LATERAL 

T 

DURATION 
(MIN/AXIS) 

- 

-- 
4 

FREQUENCY 
(HZ) 

20 TO 150 

1-50 TO 2OW 

FREQUENCY 
(W 

S T 0  15 

15 TO 21 

21 TO 35 

3 5 1 0 5 0  

MTO 100 

S T 0 3 0  

30 TO IR) 

A C C E L W I O N  
(G 0 9 )  

5 G OR0.013 M 
(0.5 IN)  DOUBLE 
AMPLITUDE 

15 

7.5 

5.0 

3.0 

5 G OR 0.013 M 
m.5 IN) DOUBLE 
AMPLITUDE 

3.0 
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Table 5-16. Component Random Vibrat ion 
(Qualification Level)  

Table 5-17. 
Component Acoust ic  L e v e l s  
(Qualif ication L e v e l )  

CENTER FREQUENCY LEVEL 

? 
DURATION 
(MIN/AXIS) 

1 

125 

250 

500 

1 0 3  132 

2000 132 

40W 132 

OVERALL 146 

ACCELERATION 
[G (RMS)] 

19.6 

l ~ g u r e  5-41, Typicdl Respnse Spectra Envelopes tor Swucratl 
F y m w h n x  Release Shotl: I5 PeWm Darnplngl 

PSD LEVEL 
(G?/HZ) 

0.05 

+3 DB/OCT 

0.25 

4 DB/OCT 

DIRECTION 

THREE 
MUTUALLY 
rAXES 

FREQUENCY 
RANGE 

(HZ) 

20 TO 60 

60 TO 300 

3W TO 1200 

lzm TO 2000 







6 . 1  PROBE SYSTEM DEFINITION 

The probe sys tem design requirements  fo r  the Thor/Delta (T /D)  and 

Atlas/Centaur  (A/C)  configurations were  established by the science objec- 

t ives and requirements .  The significant probe design requirements  used 

fo r  this study a r e  summar ized  i n  Section 5. 1. The p re fe r red  Atlas /Centaur 

and Thor/Delta  probe sys t em configurations a r e  discussed i n  detail in  sub-  

sequent paragraphs.  

6. 1. 1 AtlasICentaur  P robes  

The main objective i n  the A / C  probe sys t em configuration selection 

was to attain minimum cost. The increased weight and volume were  used 

i n  the most  advantageous manner  to meet  that objective. Definitions of the 

resulting designs and the i r  performance follow. 

6. 1.1.1 Aerodynamic and Flight Dynamic Pe r fo rmance  

The aerodynamic configurations of the prefer red  probes a r e  shown 

i n  Figure 6-1. These shapes have been established through studies based 

on existing MMC data (Viking), data i n  the l i te ra ture ,  and tes t s  ca r r i ed  

out under  the MMC IRAD p r o g r a m  in paral le l  with the present  study. Three  

different shapes a r e  identified because each configuration cal ls  fo r  a differ-  

ent ballistic coefficient, mus t  function through a different Mach number 

range, and has  different mechanical requirements .  The la rge  probe ent ry  

vehicle configuration functions f r o m  hypersonic en t ry  to Mach number 0. 7 

where the parachute i s  deployed and the nose cone separated. Subsequently, 

the descent capsule i s  re leased  and it must  function under  subsonic, terminal  

flight conditions until it impacts  the surface of Venus. The sma l l  probe must  

function throughout the en t i re  Mach number range f r o m  hypersonic to sub-  

sonic. The aerodynamic coefficients and derivatives f o r  the three  configu- 

rations a r e  presented i n  Section 7. 1. 

An extremely important  aspe'ct of the probe requirements  i s  that they 

must  exhibit completely pass ive  dynamic stabili ty so  a s  to provide stable 

platforms fo r  the science instruments .  Because the probes a r e  spin s tab i -  

l ized during the preent ry  coast  period, c a r e  mus t  be taken to avoid rol l  

resonance effects during the entry.  Also, because the probes t r ansmi t  
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Figure 6-1. AtlarlCentaur Descent Capsule. Larw and Small Probes 

data d i rec t ly  to ea r th  with v e r y  limited power,  excursions in antenna point- 

ing  angle must  be minimal.  

The  p re fe r red  probes  have been selected to  meet  all of the above r e -  

quirements .  Aerodynamic charac ter i s t ics  have been es t imated  for  the 

probes  and used in  flight dynamics studies to  verify that sat isfactory p e r -  

formance  will result .  Subsequent flights of the s m a l l  probe configuration 

i n  the ARC Ballistic Range have verified i t s  dynamic stabili ty f r o m  M = 0 . 4  

to  2. 0 fo r  angles of attack up to approximately 25 degrees.  Also, dynamic- 

a l ly  scaled models of a l l  t h ree  configurations have been flown i n  the NASA 

LRC Spin Tunnel in  o rde r  to document stability cha rac te r i s t i c s  under sub- 

sonic flight conditions. These  tes t s  involved perturbing the models and 

photographing the ensuing behavior. In this way the s teady-state  behavior 

and the degree  of angular disturbance which the models could sustain with- 

out tumbling were  determined. These p a r a m e t e r s  f o r  the prefer red  con- 

figurations a r e  shown in  the tabulation. 



Six degree of f reedom digital computer studies of the behavior of the 

l a r g e  and smal l  probes during entry have indicated that an init ial  angle of 

attack of 10 degrees  will  converge to l e s s  than 0.5 degree Figure 6-2. 

La te ra l  and angular g fo rces  were  shown to  be l e s s  than 10 g ' s  and 10 gffoot, 

respectively (Section 4). 

Angle F o r  
Tumbling (deg) 

Approx 60 

> 90 

50 

1 1 I I 1 I 
5a Y 16 1.4 1.6 1.2 
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*Similar behavior was observed for  the small  probe configuration with IO- 
inch diameter  models but disappeared when the model  diameter  was in-  
c reased  to 23  inches. Only 10-inch diameter  models of the l a r g e  probe 
have been tested. 
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The effects of rol l  r a t e  on the dynamic stability of the  probes and the 

sensit ivity to other aerodynamic and  m a s s  charac ter i s t ics  a r e  discussed in  

Section 4 and 7. 1. The low rol l  r a t e  of 10 r p m  planned for the probes is 

shown to be  almost  negligible, and variations i n  center  of m a s s  and pr inc i -  

pa l  iner t ia  axes of 0.25 c m  and 3 degrees ,  respectively,  have minimal 

effect. 

The responses of the probes  to a horizontal wind shea r  profile of 

0. 05 m p s / m  up to a velocity of 100 m / s  ( p e r  the NASA SP8011 Model Atmos-  

phere)  were  shown in  Section 4. The small  probe can  r each  a maximum 

steady-slate  angle relat ive to  ve r t i ca l  of 27 degrees and the l a rge  probe, 

17 degrees.  If the probe were  i n  this condition and the wind shear  suddenly 

terminated,  i. e. , the wind velocity were  to become constant,  these angles 

would represent  the maximum perturbation f r o m  which the probes  must  be 

able to recover  passively.  These a r e  seen to be within the probe capability 

indicated i n  the tabulation. 

In the parachute descent phase,  the r ibless  guide sur face  type p a r a -  

chute selected is very  stable a t  z e r o  angle of attack and has  a ve ry  small  

l i f t  cu rve  slope. These fea tures  imply that the probe/parachute sys tem will 

rapidly respond to wind cu r ren t s  with a minimum of l a t e ra l  motion relat ive '  

to the wind. The dynamic stabili ty charac ter i s t ics  of the parachute/probe 

s y s t e m  a r e  discussed i n  Section 7. 5 .  

6. 1. 1.2 Mechanical Design Concept 

The A/C l a r g e  and sma l l  probe mechanical sys t em designs a r e  shown 

i n  exploded views i n  F igures  6 -3  and 6-4. Key fea tures  of these  designs 

a r e  summarized  in  this section. 

Increased  Safety Fac to r s  /Design Margins 

Cost reductions were  made  i n  the A/C design by using weight to i n -  

c r e a s e  safety fac tors /des ign  marg ins  

Structural  
F r o m  To - - 
1.00 1.25 p r e s s u r e  shell  

1.25 1.56 other s t ruc tu re  

Heat Shield 1.20 1.35 ( l a rge  probe) 

1. 15 1.37 ( sma l l  probe)  

Thermal  1.0 1.3 on insulation 
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Increasing the s t ruc tu ra l  safety factor e l iminates  the need fo r  a 

s t ructural  t e s t  model a s  the qualification unit can be used for  s t ruc tura l  

testing. The increased  heat  shield design margin  allows the use of quartz  

ni t r i le  phenolic a s  the forebody aeroshel l  heat shield mater ial .  This denser  

m o r e  predictable m a t e r i a l  reduces the en t ry  simulation testing. The i n -  

c reased  thermal  design margin  allows thicker insulation which eliminates 

much of the requirement  fo r  la rge  probe thermal  vacuum and descent p r o -  

fi le simulation testing. 

Packaging Approach 

The la rge  probe p r e s s u r e  vesse l  volume provides adequate space to 

u s e  a modification of an  existing designed Pioneer  10 and 11  digital te le -  

m e t r y  unit, two paral le led ba t te r ies ,  and two paralleled power amplifiers.  

The smal l  probe p r e s s u r e  v e s s e l  volume i s  s ized to allow thk common 

usage of the s a m e  digital te lemetry  unit, one l a rge  probe battery,  and one 

la rge  probe 20-watt power amplifier.  The electronics  components a r e  

mounted individually on a n  equipment shelf. 

A concept using a cent ra l  equipment support s t ruc ture  and p r e s s u r e  

shell  r ing containing al l  the p r e s s u r e  shell penetrations,  with an  upper  and 

lower p r e s s u r e  she l l  dome, enables maintaining the science instrument  

alignment requirements  during manufacturing and assembly,  and provides 

the maximum a c c e s s  fo r  equipment installation, checkout, and maintan-  

ability. This concept, used i n  the la rge  probe design along with a s imi lar  

concept in the sma l l  probe,  enables the electronics  chass is  and separa te  

components to be assembled  and checked out before attaching the upper 

and lower p r e s s u r e  shell  domes. 

P robe IProbe  Bus In ter face  

The probe interface with the probe bus places the la rge  probe s o  that 

i t s  spin axis  i s  coincident with the bus spin axis. Requirements a r e  speci-  

fied to minimize the bus c. g. offset  and attendant spin balance problems. 

In addition, a three-point attachment utilizing ball  lock fas teners  (F igure  

6 - 5 )  provides a symmetr ica l  load path fo r  the launch loads and a reliable 

means  of attaching and releasing the probe. The probe attach points a r e  

f a i r ed  i n  the aeroshel l  afterbody to minimize aerodynamic perturbations.  



DETAIL A 

The three  small probes a r e  mounted symmetrically about the bus spin 

axis. They a r e  positioned and retained by four pai rs  of pads located at  

points approximately 1.57 radians apart around the largest  diameter, with 

one pad f rom each pair bearing on the probe forebody and the other on the 

probe afterbody (Figure 6 - 6 ) .  The support pads a r e  designed to prevent 

heat shield surface damage or deformation, that might significantly affect 

entry performance, while the small probes a r e  restrained by the bus. The 

probe release system i s  designed to relax the preload in the support pads 

prior  to probe release to ensure no frictional forces between the probe and 

bus support pads during separation. This is discussed in detail in Section 8. 8. 



Flgurl t-6 Small Pr&lP& Bus Mrhankal lntsrfwe 

The probe bus thermal control system maintains the probe temperature 
0 

range of 255 to 339 K during the launch, cruise, and separation phases by 

means of control techniques using insulation, thermal coatings, thermal 

covers, and solar and bus heat sources. 

Sequential release of the small probes permits flexibility in the . . 

acquisition of target sites to meet the science requirements while obtaining' . 
. 

zero angle of attack for each probe. Sequential release also allows the, 

probe's to have anidentical low spin rate of 1.05 rad /s  (10 rpm). The probe 

release system (Figure 6-7) was designed to meet the attitude and. velocity 

requirements necessary a t  probe release. These requirements a r e  given 

in  Section 5. 1. 
, . 

. . 

, . .  

THERhUL COVER 
RELEASE PINPULLER 

Fipure 6-7. Small PmbslPmbs Bus Release Memanism 

6 -9  



Entry and Descent Phase Design Factors 

1) Entry Phase. The significant factors entering into the entry 

vehicle shape selection were ballistic coefficient, heating sensitivity, aero- 

dynamic stability, and c. g. location. 

The probes a r e  designed to be aerodynamically stable and damp out 

yaw and pitch disturbances that a r e  introduced by the initial angle of attack 

3t entry. A forward location of the probe c. g. i s  necessary to provide 

3dequate static stability. 

Deceleration of the probes at  high altitude requires a high drag, low 

 alli is tic coefficient body. Existing design blunt body shapes did not meet 

the probe requirements. Consequently, new designs were developed for 

30th the large and small probes. The large probe has a 1.75 meter diameter 
2 1.05 radian half angle forebody, and a 86.4 kg/m hypersonic ballistic co - 

sfficient. The small probe has a 0.81 -meter diameter, 0. 78 radian half 
2 

ingle forebody with a cone/spherical cap afterbody and a 141.4 kgfm hyper- 

sonic ballistic coefficient. These shapes were selected based on data from 

screening tests  i n  the Ames Research Center water drop facility and the 

Langley Research Center spin tunnel facility. 

Heat shield materials have been established through tests in various 

Venus simulation facilities. The two forebody materials selected, carbon 

elastomeric silicone ESA 5500 M3, and quartz nitrile phenolic, were based 

on flight experience in the PRIME lifting body program and AICBM hardware 

programs, respectively. The afterbody material i s  a Iighter weight version 

of the elastomeric silicone material  which has flown on PRIME and PAET 

vehicles. 

2) Descent Phase. The major factors entering into the descent vehi- 

cle design are  ballistic coefficient, science sampling requirements, ae ro-  

dynamic stability, decelerator staging altitude, and the Venus environment. 

The large probe design uses  a two-stage descent exposing the science instru 

ments a t  a nominal 70 km altitude and maintaining a descent profile consis- 

tent with the science sampling requirements. The parachute ballistic co- 

efficient i s  that value which i s  necessary to separate the descent capsule 

from the aeroshell while minimizing probe weight. The parachute i s  de- 

ployed within 30 seconds after a 50-g increasing sensor s ta r t s  the descent 



timer. After parachute deployment the descent velocity i s  reduced and de- 

creases  until parachute release approximately 40 minutes later at 42.9 k m  

altitude. The parachute system incorporates a swivel to allow the descent 

capsule to spin. Large probe descent capsule aerodynamic stability i s  pro- 

vided by a perforated ring that circles the maximum diameter. 

The Venus surface environment requires an insulated pressure vessel 

to protect the science and electronic payloads. The externally insulated 

pressure  shell acts a s  a heat sink; the combination maintains internal 
0 

temperatures below 339 K. Thermal isolators minimize the thermal con- 

duction from the pressure shell inward. A ser ies  of descent simulation 

tests have indicated that MIN-K TE 1400 i s  the most desirable insulation. 

The pressure vessel design for both the large and small probes i s  a ma-  

chined monocoque structure with science and electronic penetrations. The 

pressure  ~ e s s e l  domes incorporate a seal  to maintain an internal pressure  
2 

of 103 kN/m , which eliminates low pressure  corona problems. Dry 

nitrogen will be used to pressurize the vessel to minimize corrosion. 

The small probe design uses a single stage descent. The temperature 

sensor i s  deployed and the nephelometer and I R  flux detector windows a r e  

exposed by nonexplosive pin pullers a t  about 70 km. The small probe has 

no spin control requirement. The probe i s  released from the bus with a 

1.04 rad/s (lO/rpm) spin which will vary during entry and descent. 

6. 1. 1.3 Mass Properties 

During this study mass  properties estimates for  the various config- 

urations have been developed based upon the results of the subsystem stud- 

i es ,  structural analysis, and revised layouts. These current weight est i-  

mates for the selected configuration show 263.6 k g  (581. 2 lb) without 

contingency for the large probe and 210. 0 kg (463.2 lb) without contingency 

for three small probes, leaving a margin of 70 .67  kg (155. 8 lb) against 

the current allocation. Current weight estimates a r e  summarized in Table 

6-1. Detail component weights a r e  presented in  the subsystem description. 

Complete mass properties for  the various probe mission phases were 

calculated based upon the above evaluations and a re  summarized in Tables 

6-2(a) and 6-2(b). All data i s  referenced to the coordinate systems shown 

in  Figures 6-8 and 6-9. 



Table 6 -  1. Atlas/Centaur Probe Current 
Mass (Weieht) Estimate 
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Table 6 - 2  (a) .  Atlas Centaur Probe Descent Mass Properties 
(S. I. Units) 
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Table 6-2  (b). At las ICentaur  P r o b e  Descent M a s s  P r o p e r t i e s  
(Engineer ing Units) 

RATIO 

I"/!Y I", IZ  

1.32 1.21 

1.30 1.28 

I 1.39 

1 .M 1.02 

1.01 0.97 

1.49 1.19 

1.18 . 1.18 

NOTES: (A) INSUFFKIENT DETAIL INFORh4ATlON TO DEVELOP PRODUCfS. 

(I) P A W M l l E  OEPLOYW CONDlTlON PRORRTIES ARE FOR THE RlGID BODY PORTION O f  THE SYSTEM 
A5 IFT* PARACHUTE WERE NOT CONNEClED. 
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Fiure6-9. A t la r lCen laur  Small Probe Reference Coordinates 

Preliminary weight, center  of gravity, and product of inertia limits 

~d tolerances have been established. These values a r e  defined and sum- 

arized for  the large and small probes in Table 6-3. 

Table 6 - 3 .  Atlas/Centaur Mass  Properties Limits and Tolerances 
fo r  Probes 
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The study has determined that ballasting will be required to obtain 

the mass  characteristics to satisfy the probe mission. Nominal ballast 

weights of 2. 59 kg (5. 7 lb) for  the large probe and 0. 27 kg (0. 6 lb) for 

each of the small probes has been assumed for this study. 

6. 1. 1.4 Electrical Design Concept 

The electrical schematic diagrams shown in Figure 6-10  (large probe) 

and Figure 6-11 (small probe) depict the functional relationships betwekn 

probe engineering subsystems, science experiments, and the probe bus. 

The major electrical subsystems a re  the electrical power and control, 

data handling, and communications subsystems, outlined in heavy dashed 

lines. 

Electrical Power 

The primary $28 volt, unregulated power to operate the probes i s  

supplied by a secondary (rechargeable) silver-zinc battery, selected because 

i t  produces the highest energy density from available space-qualified 

batteries. 

The proposed large probe battery source consists of two batteries 

in parallel, each consisting of twenty series-connected sixteen ampere- 

hour cells. The twenty-cell configuration provides a voltage a t  28 volts 

* 1 0  percent (compatible with the load requirements) for the mission life 

without additional regulation. 'Fault protection for the battery is  provided 

by fuses in the supply lines. The final charge will be provided'before 

launch and maintained thereafter in an open-circuit charged condition dur- ' 
, 

ing the cruise phase. The recommended small probe battery configuration. 
' 

i s  identical to tlie large probe except only one battery is  used. 

Probe power i s  distributed by a power control unit and associated 

cabling. Isolation circuits provide compatibility with the bus power sub- 

system and permit operating the probes with external power for ground 

test and checkout. Cable cutters a r e  used in  lieu of an electrically initiated 

separation connector for probe bus umbilical separation. All related c i r  - 
cuits a r e  electrically iner t  before activating the cutter or a r e  isolated to 

prevent damage i f  a short occurs. A spring-loaded connector disengages 

electrical connections when the large probe aeroshell afterbody i s  jettisoned. 



Power switching functions f o r  power t r ans fe r ,  ordnance, communica - 

ms, and experiments a r e  provided by both general purpose and magnetic 

tching re lays  derived f r o m  the Viking and Pioneer  programs.  The relays 

: re  selected over sol id-s tate  switches on the basis  of excessive leakage 

r r en t  for sol id-s tate  switches and  lower weight and cost. Satisfactory 

erat ion during sustained periods of high decelerat ion (typical of entry) 

s been demonstrated by test .  

Data Handling and Command 

Sensing and initiation of events a r e  provided by a coas t  t imer ,  a de -  

ent t imer ,  and redundant g switches.  The coas t  t i m e r  approach employs 

low-power c rys ta l  controlled osci l la tor  design operating off the main 

obe battery.  A s  a backup to  the coast t imer ,  the descent  events can be 

itiated by the g switches which activate above 50 g's.  Timing during 

 try and descent i s  under control  of the descent t imer  that provides 

tmmands for  a l l  d i scre te  events. The g switches a r e  heavily damped 

avoid accidental t r iggering of the  descent sequence by the short  duration 

.rotechnic shocks. 

The command decoder rece ives  commands f r o m  ei ther  the bus or  

e descent t imer  and i s s u e s  d i sc re t e  signals f o r  subsys tem control. The 

bmmands a r e  I is ted i n  Appendix 6A. 

The Data Handling and Command sys tem controls data modes and 

r m a t s  and delivers data to  the  bus te lemetry  interface or  the probe com- 

unications subsystem for  d i rec t  t ransmiss ion  to earth. The te lemetry 

lannels a r e  l is ted in Appendix 6B. 

The p r e f e r r e d  design f o r  the AtlasICentaur configuration uses  a mod- 

'ied Pioneer  10 and 11 design and has  fixed descent formats ,  a sol id-s tate  

tatic memory ,  and convolutional coding with PCM/PSK modulation. A 

ummary of the basic cha rac te r i s t i c s  is given in  Table 6-4. 
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Data Coding 

, , 

Table 6-4. Data Handling Character is t ics ,  AtlasICentaur . . 

Convolutional, Convolutional, 
Rate 112 (con-  Rate ' I  12 (con-  

Large  P r o b e  S m a l l  Probe  

Bit Rates (bps) 128 64 

Number of Format s  4 4 , 

Number of Data Channels 246 246 , 

s t ra in t  length s t ra in t  length 
32) 32) 

, . 

, , 

Subcarr ie r  Frequency 32. 768 32. 768 
(kHz) 

5 1 2 0  Memory Size (bits)  5120 

Weight (kg) 3 .  8 3.8 " 

Power  (watts) 5.0 5.0 

The memory  packaged in  the power control unit  u ses  static nonde- 

s t ruct ive-readout  C-MOS cel ls ,  identical to those used  in the orbi ter  DSU. 

The  cells a r e  hybrid packages containing 10 chips,  providing a capacity 

of 2560 bits per  cell. The memory  buffers the science data during blackout. 

Data formatting i s  accomplished with a fixed p rogram implemented 

with programmable read-only memories  (PROM's).  PROM's a r e  ~ h a r a c t e r -  ' ' 

ized by ze ro  c ru i se  power, low op,erating power, nonvolatility, and low 

weight. Moreover,  this approach pe rmi t s  format  changes by replacement , , 

of PROM's d t h o u t  rewiring before launch (no patch board address  changes . , 

a r e  required). Clock and sync pulses a r e  available t o  a l l  science ins t ru-  

ments at the bit ra te ,  word r a t e ,  and ' framk ra te ,  and a t  selected'multiples , 

o f 8 .  

All analog-to-digital (A/D) 'conversion i s  p e r f o ~ m e d  in  the ' ~ a t a  Hand- 

l ing subsystem except f r o m  sources  that a r e  asynchronous to  the basic 

clock o r  those that a r e  spread  over m o r e  than one f r a m e .  MultipIexing 

operations a r e  a l so  performed in the Data Handling subsystem. 



Since a l l  events a r e  hardwired  into the t i m e r  and sequencer ,  t ime ,  

fo rma t ,  bit  r a t e ,  subcommutator ,  identification, and m e m o r y  readout a r e  

uniquely re la ted to  the f r a m e  count. No other t ime  coding i s  required.  

Bit r a t e s  a r e  available i n  binary s teps  f r o m  8 to  1024 bps. We 

recommend using 128 bps for  a l l  t ransmiss ions  f rom the l a rge  probe and 

64 bps for  the smal l  p robes ,  which i s  compatible with the exist ing capability. 

Communications 

The recommended Communications subsystem configurations for the 

l a rge  and smal l  probes  ut i l ize  PCMIPSK /PM modulation because major  

cos t  savings accrue  f r o m  compatibil i ty with the exist ing DSN interface. 

A 20-watt power amplif ier  module will  be  used  f o r  both the l a rge  

and s m a l l  probes with 2 units hybrid-coupled t o  provide the  required 

output power (36 wat ts)  for  the  l a r g e  probe. Twenty watts exceeds the 

s m a l l  probe min imum link r equ i r emen t s  but i s  cost-effective s ince using 

common equipment avoids the  procurement  of a second design. 

The antenna design i s  adapted f r o m  a n  exist ing Viking design. The 

turnst i le-over-conical  cavity approach  of fe rs  the following features:  

Best  coverage for  p r e e n t r y  and postentry requi rements  

Excellent power handling capabil i ty (75 wat ts)  

Good mechanical  compatibil i ty;  sho r t  ver t ica l  dimension 

Low weight ( 0 . 2 3  kg) 

Suitable for  both l a r g e  and s m a l l  probes 

Capable of withstanding the predicted t e m p e r a t u r e s  without 
degradation. 

F o r  the l a rge  probe the diplexer i s  derived f r o m  the Pioneer  10 and 11  

3rogram. The t r ansmi t t e r  i s  capable  of supporting 128 bps to the Venusian 

mr face .  F o r  the two-way l ink the t ransponder  ( r e c e i v e r  unit) includes a n  

~ u t o m a t i c  frequency s e a r c h  and acquisit ion capability to  rapidly acquire  

he uplink frequency following e n t r y  blackout. 

A 20 -watt t r ansmi t t e r  f o r  each of the smal l  p robes  supports  a 64 bps 

e l eme t ry  link. Provis ion  f o r  downlink excitation f r o m  a ve ry  s table  e x t e r -  

la1 osci l la tor  affords  one-way Doppler tracking and DLBI experiment 

neasurements .  

6-20 



Probe  Elec t r ica l  Equipment Definition 

Table 6 - 5  summar izes  the s ta tus  of the e lec t r ica l  equipment for  the 

l a rge  and small  probes.  

Table 6-5. AtlasICentaur  P r o b e  Equipment 
Definition 

6. 1. 1 . 5  .Prefer red  Probe  System Operation 

The way the probes function', s ta r t ing  f r d m  their  s epa ra t ion f rom 

the bus dt the end of the c ru i se  phase to impact ,  i s d e s c r i b e d  below,. "The 
. . 

hardware  associated with each event o r  operati'on i s  a l so  identified. : A  

summary  flight profile i s  given in  F igu re  6 -  12 to help co r re l a tg  s imi la r  

functions on each of the four  probes. A detailed miss ion  sequence of 

operations i s  contained in  Appendix 6 C .  

Separation 

COMPONENT 

ANTENN/ I  

TIIANSPONDEP 

DIPLEXER 

H Y ~ R I D S  f w " c o u P r t a i  

POWER AMPLlyER : 

TRANShilTiFR DRIVER 

DlGlTAL TELEMETRY UNIT 

BATTERiES 

POV~ER CONTROL UNIT 

After  the final prelaunch checkout, probe p o w e r i s  offthroughout the 

launch and most of the interplanetary c ru i se  phase. During:.ciuise, i n t e r -  

mittent probe health checks can be made  by an in te r roga t ionvia  &e probe' 

bus command and te lemet ry  links and using brobe bus ,electrica:l 

Before re lease ,  each probe will receive a preseparati .bn status>.chedk: to., 

obtain a performance baseline. This  will u s e  both3116 and probe power to 
, , .  

exe rc i se  a s  much of the probe engineering sd,bsyst&ms and science i n s t r u -  

ments  a s  possible. Time i s  allowed t o  pe r fo rm kwo:che'dkout cycles with 

data returned to the ground stations f o r  analysis  be tweenthese  two cycles. 
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' Justbefore separation, the'2'5-day coas t t imers  a r e  initiated bybus 

commandvia the umbilical connection to the probes. This t imer is the only 

i tem in operation du'ring most of the probe coast t o the  planet and i s  powered 

by' the main ,probe battery. 

The probes a r e  released sequentially at four-day intervals beginning 

with the large probe. All probes are  spin stabilized at  a nominal spin rate 

of 10 rpm (1.05 rad ls ) .  There i s  a retargeting bus maneuver between each 

release. The pr imary variables of interest during the planetary approach 

phase a r e  listed in  Table 6-6. 

Table 6-6. .Probe Mission Planetary Approach Summary 

Large Small 
Probe ,Probe 1, 2, 3 

Begin Planetary Approach (E-25 days) . . (E-21, .'E-17, 
E-13 ;days) 

6 IInitial Radius to Center of Planet (10 krn) 10.7 9 . 0 t o 5 : 6  I 
Earth, Aspect Angle (deg) - (a t  separation) 138 139, 125, 145 

(a t  entry) 145 145, 135, 152 I 
Solar Aspect Angle (deg) -' (a t  separation) 40 15, 28, 36 

( a t  entry) 7 2 45, 43, 55 1 
' Venus Aspect Angle (deg) - (a t  separation) 23 26, 14, 20 
t (a t  entry) 44 61, 34, 49 

Two days before entry, the  I R  .flux radiometer.reference heater in 

"the large probe i s  powered-onby the coast timer as  the only event planned 
t ,  

during 'this-phase .oS  :the free' flight. 

. , 
:DSN Acquisition 

Severa1:hoursi before entry, :the probe b a t t e r i e s  a r e  .brought u p  'to 

nbr rnk l  operd;ting.temperature in'psepar&tioK,for.a. O ~ m i n u t e .  . ~ ~ ~ . ~ r ~ b n t r ~  

transmission checkout.,operation. ' , The>probe -preentyy transmissions will  

.be coveredby Goldstone. Goldstone an& Ganberra!.uiill: ' thenaeceiye al l  

probe transmissions f,rom entry unfil.impact. 

:At:the time'the:probe transmitters a r e  turned omby each.of .the coast 

.timers,j.ltheTprobe,main power  siKitches. a r e  turned,on, and:the,descent.timers 

' takecontrol.  i b  Froni that ,pointon,: the coast~t imers ;  are.nd:longer active. 



Entry 

Just prior to entry, if required, each of the small  probe batteries 

will automatically be brought up to normal operating temperatures by 

thermostatically controlled electrical heaters. The large probe batteries 

a r e  predicted to stay within normal operating temperature since the pre -  

entry transmission. checkout i s  close enough to entry. All probe batteries 

a r e  sized to furnish this energy for self-heating. 

The large probe and small  probe 1 enter together, nominally at 

17:46:00 GMT on December 17, 1978. Ninety minutes la ter  small probes 

2 and 3 entry occurs. Entry i s  defined to  occur at  250 k m  altitude. At 

10 minutes before the predicted time of entry, the science instruments a r e  

turned on by the descent t imer for a warmup and a preentry calibration 

check. High Doppler rates a r e  predicted for about 40 rninutes before and 

for about 2 minutes after entry. 

Descent 

Accelerometer data a r e  acquired starting at  the time the science 

instruments a r e  turned on. Ten-second blocks of accelerometer data a r e  

continuously read into memory and recycled out by each succeeding block. 

At 50 g 's ,  the redundant g switches will activate to rese t  the descent t imer 

and to command retention of the last  10 seconds of accelerometer data in 

the memory. The information stored will include data starting before a 
- 4 

g level of 4 x 10 . At a fixed time after 50 g's,  the descent sequence i s  

initiated by the descent t imer.  Fo r  the large probe, the f i r s t  event i s  

parachute deployment followed by jettisoning of the aeroshell forebody to 

expose the science instruments. Science data transmission begins at the 

release of the aeroshell forebody. In the case of the small probes, the 

f i r s t  event in the descent sequence is  exposure and deployment of several  

of the science instruments. 

Science data acquisition and transmission continues until probe impact 

and beyond if the probes survive. The large probe parachute is  released 

a t  approximately 43 -km altitude; a t  this time the wind/altitude radar i s  

turned on and the hygrometer i s  turned off. The only data transmitted after 

impact i s  f rom the accelerometers, used for seismic measurements. All 

other science and the heaters a r e  turned off a t  the predicted time of impact. 



6. 1 . 2  ThorIDelta P robes  

The weight limitation was the main consideration in  the Thor /Delta 

probe sys t em configuration selection. This weight constraint  had a ma jo r  

impact on the mechanical and electr ical  sys tem designs to sat isfy the s y s -  

t e m  requirements.  The following paragraphs discuss  the mechanical and 

electr ical  sys tem design concepts with supporting m a s s  proper t ies  analyses.  

The configuration described represents  the   referred Thor/Delta  concept 

a t  the t ime of the Midterm Reviews and fea tures  of the p re fe r red  Atlas / 
Centaur sys tem described i n  6. 1. 1 would be used for  any future Thor/Delta 

effort. 

6. 1 . 2 . 1  Aerodynamic and Flight Dynamic Per formance  

The aerodynamic configurations of the p re fe r red  Thor/Delta  probes 

(F igures  6-13 and 6-14) w e r e  developed to meet  the d rag  and stability r e  - 

quirements  of the entry and descent phasis of the mission. As descr ibed 

in  Section 6.1.1.1 for the Atlas /Centaur probes,  the design aerodynamic 

charac ter i s t ics  were  evolved f r o m  both existing data and s imi lar  shapes 

(pr imar i ly  Viking data fo r  the entry configurations) and wind tunnel tes t  

resul ts .  The aerodynamic coefficients and stability derivatives a r e  p r e -  

sented i n  Section 7. 1. 

The stability performance of the ThorIDelta probes i s  expected to be 

about the s a m e  a s  that of the AtlasICentaur probes ( s e e  Section 6. 1. 1 .  l ) ,  

not withstanding the differences in  m a s s  and iner t ia  proper t ies  and some-  

what different geometries.  The different afterbody shape for  the l a rge  

probe entry configurations i s  expected to have little effect on convengence 

of entry angle of attack oscillations down through transonic speeds.  In the 

c a s e  of the descent capsule,  a vented f la re  was selected a s  the stabilizing 

device. This f lared configuration was found i n  wind tunnel t e s t s  to be 

aerodynamically stable,  but did exhibit some e r r a t i c ,  low-amplitude l imit  

cycle oscillations. This behavior could degrade the la rge  probe ' s  sc ien-  

tific performance. F o r  this  reason, a simple perforated ring was selected 

f o r  the AtlasICentaur  descent  capsule. 

The ThoriDelta  sma l l  probes a r e  nearly geometrically identical to 

their  AtlasICentaur counterparts ;  thus they a r e  expected to behave sat is  - 
factorily i n  dynamic stabili ty.and response to  wind s h e a r s  a s  was the case  

for  the AtlasICentaur  sma l l  probe. 



Figure 6-13. ThoriDelia Large Probe After Aeroshell Release 

Figure 6-14. ThorlDella Small Probe 



6. 1 .2 .2  Mechanical Design Concept 

The ThorIDelta large and small probe system designs a r e  shown in 

Figures 6-13 and 6-14. The weight constraints imposed on the probe design 

for the Thor/Delta configuration resulted in an extensive study to devise 

methods of packaging the large and small  probes. The packaging technique , 

i s  important as  i t  affects several a reas  of probe design, manufacture, 

checkout, and maintainability. The packaging studies indicated that a con- 

cept using an integral equipment shelf and pressure shell ring, containing 

all the pressure shell penetrations, with an upper and lower pressure shell 

dome would enable manufacturing to maintain the science instrument align- 

ment requirements and provide maximum access for equipment installation, 

checkout, and maintainability. This concept i s  used in the large probe 

design and a similar concept in the small probe design. Because of the 

pressure vessel size limitation in the small probe, a concept utilizing an 

integrated electronic chassis with additional mounting surfaces for separate 

electronic components and science instruments was adopted (Figure 6 - 15). 

With this concept i t  is  possible to assemble and check out the electronic 

chassis and separate components prior  to attaching the upper and lower 

pressure  shell domes. 

\ 
DATA HANDLING AND C O W N D  

MWERCONTIOL UNIT 

PMSSURE 
ELECTRONICS 

UAGNETOMtTER 
ELECTRONICS 

ACCREIOWlER 
LOCATION 

Figure 6-15. lhorl~elta Small Pmk Inlqrrlad flectmniw 



The probe interfaces with the probe bus a r e  essentially the same a s  

that fo r  the Atlasfcentaur described in  Section 6. 1. 1.2 in the method of 

attachment and release and in  the thermal control techniques applied to 

maintain temperature within proper limits. The same factors enter into 

entry vehicle shape selection, i. e . ,  ballistic coefficient, heating sensitivity, 

aerodynamic stability, and c. g. location a r e  the significant elements in the 

choice. The major factors involved in  the descent vehicle design a re  ballis - 

t ic coefficient, science sampling requirements, aerodynamic stability, de- 

celerator staging altitude, and the Venus atmosphere. 

6. 1. 2.3 Mass Propert ies 

Our Phase B proposal weight estimate for the large probe was 144.5 

kg (318. 6 lb) and the estimate for the three small probes was 70.6 kg 

(155. 7 ib). Because of the magnitude of uncertainty in the probe design, 

a major portion of the 28 kg (61.7 lb) total spacecraft contingency, or 

21.5 kg (47.4 lb), was allocated to the probes, giving a total probe weight 

allocation of 236.6 kg (521.7 lb) (see also Section 6. 2. 4). 

During the Phase B study, complete new mass  properties estimates 

for the preferred ThorfDelta configurations have been developed based 

upon the results of the various subsystem studies, s tructural  analysis, and 

revised layouts. These current weight estimates show 143.8 kg (317. 3 ib) 

for  the large probe and 76.5 kg (168.3 lb) for  three small probes, leaving 

a margin of 15.4 kg (36.1 lb) against the original allocations. Current 

weight estimates a r e  summarized in Table 6-7. Detail component weights 

a r e  presented in the subsystem descriptions of this report (Section 7). 

Complete mass  properties for the various probe mission phases were 

:alculated based upon these current  estimates and a r e  summarized in 

rable 6-8. All data i s  referenced to the coordinate systems shown in 

?igures 6-16 and 6-17. 

Preliminary weight, center of gravity, and product of inertia limits 

.nd tolerances have been established. These values a r e  defined and sum- 

narized for  the large and small probes in Table 6-9. 



Table 6-7. ThorIDelta Probe Current 
M a s s  (Weight) Estimate . --- - 0 ,  

I LARGE PROM SMLL PROM 

MASS (KG) Wl ILB) MASS (KG) 

AEROSMLL 

HEAT SHlELD 

PRESSURE VESSEL 

T H E W L  CONTROL 

o i c r ~ r a * r o a  

POWER 

CAOLING 

DATA HANDLING 

W -COMMUNICATION 

ORONAKE 

AUXILIARY SlRUCllJU 

SCIENCE 

BALANCE WElGHlS 

U N l l  PROM V,ElGHT 

The probe critical mass properties limits and tolerances a r e  those 

required to satisfy aerodynamic stability. These requirements have been 

satisfied by establishing a method for building the probes that will provide 

a geometric longitudinal axis perpendicular and concentric to the separation 

plane within - t o .  25 mm (+0.010 - in. ). The final machining operation on the 

forward heat shield will be accomplished from the same separation plane 

attachments. Therefore a maximum of - t o .  25 m m  ($0. - 010 in.) machining 

tolerances i s  expected from set  up and cutting tolerances. Verification 

of the completed probe geometric center line will be accomplished by a 

transit or equivalent system within a - to. 25 mm (+0.010 in.) tolerance. 

The combination of these tolerances i s  expected to remain well within the 

, t o .  050 geometric center line tolerance and at the same time satisfy the - 
I3 lb-in.2 product of inertia requirement for the large probe and 1 . 0  lb- 

in. for the small' probes. 

THREE SMLL PROBES I I 168.3 76.5 

The study has determined that ballasting will be required for t r im-  

ming the mass characteristics so  a s  to satisfy the probe mission mass  

balance requirements. Nominal ballast weights of 1.56 kg (3.5 lb) for the 

large probe and 0 .22  kg (0.5 lb) for  each of the small probe has been 

assumed for this study. 

TOTAL PROBES 

W l  (LO1 MASS (KG) 

%.I 220.3 



Table 6 - 8  ( a ) .  Thor/Delta Probe  Descent Mass  P rope r t i e s  (S.  I. Units) 

LARGE PR08E 

I LAUNCH THRU ENTRY: 
! 

LAUNCH CRUISE I D . ?  
AND SEP~ATION 

POST ENTRY 110.8 

DESCENT. 

PARACWTT 139.2 
 DEPLOYMENT(^) 
AEROSMLL FOREBODY 98.3 
SEPAMTION 

PRODUCT OF INERTIA 

AERGSHELL AfTERBODY 4.572 4.511 4.253 O.mO3 0 0.207 1.01 1.08 
SEPARATION I 

SMALL PROM 

LAUNCH, CRUISE AND 0 0 0.403 0.347 0.21 0 0 , I  - 0  1 I I 1 7  1 
SEPARATION 

NOTE: 111 PAPACHUTE DEPLOYED CONDITION PROPERTIES ARE FOR 1HE RIGID M D Y  PORTION OF THE SYSTEM 
AS 1F THE PAMCHUR WERE NOT CONNECTED. I 
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A s e r i e s  of s ta t ic  weight and center  of gravity t e s t s  is planned to 

a s s i s t  i n  minimizing the need fo r  ballast. These t e s t  data will a lso be  

used  to update the analytical model being generated f o r  design evaluation 

and spin balance testing. The spin balance tes t s  will a l so  use the separation 
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geometric centerline and the spin axis. Detail elaboration on the mass  

properties test plan is presented in Volume 111, "Preliminary Project 

Development Plan. " 

6. 1. 2.4 Electrical Design Concept 

The electrical schematic diagrams shown in  Figure 6-18 (large probe) 

and Figure 6-19 (small  probe) depict the functional relationships between 

probe engineering subsystems, science experiments, and the probe bus. 

The major electrical subsystems a r e  the electrical power, data handling 

and command, and communications subsystems, outlined i n  heavy dashed 

lines. 

Electrical Power 

The primary 28 -volt, unregulated power to operate the probes i s  

supplied by a secondary (rechargeable) silver-zinc battery, selected be- 

cause i t  produces the highest energy density from available space-qualified 

batteries. Moreover, the superior magnetic properties of this battery make 

requirements for magnetic compensation unlikely. The proposed battery 

consists of 20 series-connected, 9 . 2  ampere-hour cells. The 20-cell con- 

figuration provides a slightly higher initial voltage to maintain 28 volts 

$10 - percent (compatible with the load requirements) for the mission life 

without additional regulation. Fault protection for the battery i s  provided 

by fuses in the supply lines. The final charge will be provided before launch 

and maintained thereafter in an open-circuit condition during the cruise 

phase. 

The recommended small  probe battery configuration is  identical to 

the large probe with the substitution of 5.1 ampere-hour cells.  

Probe power i s  distributed by a power control unit and associated 

cabling. Isolation circuits provide compatibility with the bus power sub- 

system and permit operating the probes with external power for testfcheck- 

out. Cable cutters a r e  used, i n  lieu of an electrically initiated separation 

connector for probe bus umbilical separation and to sever electrical con- 

nections before jettisoning the large probe aeroshell forebody and afterbody. 
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Figure 6-19. Small Probe Functional D i q r a m ,  ThoriDelta 



All related circuits a r e  electrically inert  prior  to activating the cutter, o r  

a r e  isolated s o  that no damage will result from a short  circuit. 

Power switching functions for power transfer,  ordnance, communi- 

cations, and experiments a r e  provided by general purpose and magnetic 

latch relays derived f rom the Viking and Pioneer programs. The relays 

were selected over solid-state switches on the basis of excessive leakage 

currents and lower weight and cost. Satisfactory operation during sustained 

periods of high deceleration (typical of entry) have been demonstrated by 

test. 

Data Handling and Command 

The Data Handling and Command subsystem (DHC) controls data 

modes and formats, provides sequence control, and delivers data to the 

bus telemetry interface or the Communications subsystem for direct t rans-  

mission to earth. 

Event timing i s  provided by a coast t imer,  a descent t imer ,  and r e -  

dundant g switches. The coast timer approach employs a low-power 

crystal-controlled design with i t s  own dedicated battery. As a backup the 

sequencing events can be initiated by the g switches which a r e  activating 

above 0. 5 g. Timing during entry and descent i s  under control of the de- 

scent timer which provides commands for all discrete events. 

The g switches a r e  disarmed until after probe separation from the 

probe bus to avoid accidental triggering of the descent sequence by launch 

or  separation shocks. It should be noted that the preferred Atlasfcentaur 

approach of using a pneumatically damped 50-g switch eliminates the dis-  

arming requirement. The Thor/Delta arming/disarming i s  done by the 

descent timer /programmer shortly after separation. 

The arming i s  done by a se r ies  relay switch (mag latch) driven by 

the descent t imer (Figure 6-20). By using the descent t imer ,  the g switch 

does not rely on the coast t imer ,  the backup for g switch. 

The following sequence of events is projected: 

1)  the probe i s  t ransferred to internal power by bus command, 

2) the probe i s  separated, 



3)  the descent t imer a r m s  the g switch, 

4) the descent t imer turns off the main power switch. 

If required, in the small probes,  the descent t imer can run magnetometer 

calibration before shutdown. 
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Figure 6-21). ThorlDena Probe Power Transfer Schematic 

The command decoder receives commands f rom either the bus or  

the descent timer and issues  discrete signals for subsystem control. P ro -  

vision i s  made for controlling (commanding) 60 discrete events in the large 

and small probes. 

The preferred design for the ThorfDelta configuration uses fixed de-  

scent formats, a solid-state static memory, and convolutional coding with 

PCMfPSK modulation. A summary of the basic characteristics is  given 

in Table 6-10. 

The memory uses static nondestructive -readout C -MOS cells,  identical 

to those recommended for the orbiter DSU. The cells  a r e  hybrid packages 

containing 10 chips, providing a capacity of 2560 bits per  cell. The memory 

buffers the science data to match the capability of the transmission link, 

storing data during blackout and during times of questionable communication 

link integrity. 



Table 15-10. Data Handling Charac ter i s t ics ,  ThorfDelta  
b , 

Large  P robe  Small  P r o b e  

Bit Rates (bps)  *1 150, al2.8, * l 2 ,  10 
102. 4, 85. 3 

l ~ u m b e r  of F o r m a t s  4 3 1 
l ~ u r n b e r  of Data Channels 144 96 I 
I Data Coding Convolutional, Convolutional, 

ra te  113 (con-  ra te  113 (con-  
s t ra in t  length 6) s t ra in t  length 6) I 

I ~ u b c a r r i e r  Frequency (Hz) 16,384 16,384 I 
I ~ e r n o r ~  Size (bi ts)  10,240 7,680 1 

I Weight (kg) 
3 Volume ( c m  ) 

Power (watts) 

I::storage only. I 
Data formatting is accomplished with a fixed p rogram implemented 

with programmable read-only m e m o r i e s  (PROM's). PROM's a r e  cha rac te r -  

ized by ze ro  c r u i s e  power, low operate  power, nonvolatility, and low weight. 

Moreover,  this approach p e r m i t s  format  changes by replacement of PROM's 

without rewiring before launch (no patch board address  changes a r e  required) .  

Clock and sync pulses  a r e  available to a l l  science instruments  a t  the bit-  

ra te ,  word ra te ,  and f r a m e  ra t e ,  and a t  octal multiples of 512. 

All  analog-to-digital (AID) conversion i s  per formed in  the DHC sub-  

s y s t e m  except f r o m  sources  that a r e  asynchronous to the basic clock o r  

those that a r e  spread  over  m o r e  than one f rame.  Multiplexing operations 

a r e  divided between the DHC subsys tem and science on the bas is  of mini- 

mizing interface wiring. 

Viterbi decoding with a f r a m e  length of l e s s  than 1000 bits eliminates 

the need fo r  a recovery sequence o r  "tail. " Use of a Barker  code sync word 

( 7  bits) i s  adequate fo r  te lemetry  f r a m e  synchronization, while the remain-  

ing 3 bits of a 10-bit word provide probe identification. Since a l l  events a r e  

hardwired into the t i m e r  and sequencer ,  t ime, fo rma t ,  bit ra te ,  subcom 

identification, and memory  readout a r e  uniquely related to the f r a m e  count; 

no other t ime coding i s  required.  



C ommunications 

The recommended Communications subsystem configurations for the 

large and small  probes a r e  shown in Figures 6 -21 and 6-22, respectively. 

P C M / P S K / P M  modulation i s  preferred because major cost savings accrue 

f rom the compatibility with the existing DSN interface. 

The antenna design i s  adapted from an existing Viking design. The 

turnstile-over-conical cavity approach offers the following features: 

Best coverage for preentry and postentry requirements 

0 Excellent power handling capability (75 watts) 

0 Good mechanical compatibility, short vertical dimension 

o Low weight (0 .23  kg) 

o Suitable for both large and small probes 

Capable of withstanding descent temperatures without degradation. 
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Figure 6-21. Communications Subspiem. ThorlDeita Large Probe 
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For  the large probe the diplexer i s  derived f rom the Pioneer 10 and 

11 program. The 20-watt transmitter i s  capable of supporting 102.4 bps 

a t  altitudes above 30 km and 85. 3 bps to the Venusian surface. Fo r  the 

two-way link the transponder (receiver unit) includes an automatic frequency 

search and acquisition capability to rapidly acquire the uplink frequency be- 

fore and following entry blackout. 

A 10-watt transmitter for  each of the small probes supports a 10- 

bps telemetry link. Provision for downlink excitation from a very stable 

external oscillator affords one-way Doppler tracking and DLBI experiment 

measurements. 

6.1.3 MASS PROPERTIES MANAGEMENT 

The macagement of mass  properties for the probe design i s  unique 

in that the upper weight limit i s  defined by booster capability and the lower 

weight liinit i s  defined by ballistic coefficient. The present design definition 

requires that the probe be within - t l  percent of the present weight projections 

at  the time of hardware delivery. 

Successful mass  properties control will be achieved by providing con- 

tinuous program awareness of the weight and balance status. Management 

awareness of the mass properties projections, with sufficient time to react,  

i s  the key to successful mass  properties management. Our approach i s  to - - 

1) Start the program with a baseline design freeze; accurately define 
subsystem design margins along with associated performance 
values; establish and publish realistic weight allocation at  the sub- 
system level. 

2) Define and establish a detail weight specification before the f i r s t  
design to cost review (This effort will align the weight definition 
with the design and build plan. ); establish subsystem target weights 
2 percent below the reference weights (These design and perfor-  
mance values will be published in the Performance Requirements 
Document). 

3) Weight estimates derived f rom engineering layouts will be 100 pe r -  
cent calculated before the second design-to-cost review. 

4) The detail weight data will be 90 to 95  percent calculated f rom 
final engineering.at the completion of drawing release. To pro- 
vide maximum confidence in the current mass  properties data, 
the prototype and test hardware will be weighed and the results 
evaluated against previous estimates. 



5 )  The weight data will be  80 to 90 percent actual values by the t ime 
the th i rd  design-to-cost  review occurs. 

6) Provide  an advanced plan fo r  managing weight margin,  along with 
a s e t  of cos t  effective solutions fo r  under and overweight projec - 
tions. 

Achievement of these objectives p e r  the milestones schedule will 

provide the awareness  needed to cost-effectively manage the probe m a s s  

propert ies .  

Objectives 

The objectives of the m a s s  proper t ies  control p r o g r a m  are:  

1) Minimize cos t  with weight, 

2) F l y  maximum science,  

3) Deliver flight hardware that matches the allocated weight within 
one percent  and a t  the same  t ime satisfy al l  o ther  associated 
design per formance  requirements .  

Requirements  

The  m a s s  proper t ies  requirements  a r e  descr ibed in  Table 6-3. The 

probe weight allocations a r e  defined by launch vehicle capability and bal l is-  

t ic coefficients. This resul ted i n  the following s u m m a r y  weight allocations: 

Weight: Large P r o b e  Small  P robe  

Launch through en t ry  263.6 70. 0 

Pos ten t ry  254.1 67. 0 

Aeroshel l  Forebody Separation 187.1 - 
Aeroshel l  Afterbody Separat ion 151.0 - 

The requirements  associated with center  of gravity,  principal axis 

and ballist ic coefficient will requi re  ballast. This can  resu l t  in ballasting 

to achieve: 

1 )  Pr inc ipa l  axis  alignment, 

2 )  Radial and longitudinal center  of gravity, 

3 )  TO achieve ballist ic coefficient. 



It is possible to ballast these three conditions in one ballast operation, but 

a t  any point in time ballast could be assigned in each category. 

Weight Utilization Plan 

During the program two mass  properties (weight) evaluations are  

planned, the f i r s t  being approximately October 1974 and the second being 

August 1975. As shown in Figure 6-23,  these two evaluation periods will 

provide the opportunity for useful payload instead of ballast. The Atlas/ 

Centaur capability has allowed our design margins to be less  restrictive 
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than the ThorIDelta,  therefore providing a m o r e  rel iable  design and the 

ability to  minimize cos t  with the u s e  of weight. The increased  design 

margins  coupled with the 15 percent  contingency provides a high probability 

that  excess  weight could be made available to accommodate other candidate 

instruments ,  o r  fur ther  reduce cost. The growth depletion shown i n  Figure 

6-24 provides the anticipated r a t e  the weight margin  will be used. This 

f igure a l so  defines the anticipated 3 -  o confidence associated with the de -  

pletion projection a t  var ious program milestones. The f i r s t  and second 

m a s s  proper t ies  evaluations could r e s d t  in  adding scientific payload o r  i t  

could be used  to exchange a planned instrument  f o r  a m o r e  desirable  i n -  

strument.  This means,  if alternative science i s  developed to the degree 

that a DVU could be available p r io r  to November 1975, new o r  substitute 

al ternat ive science could be added with minimum impact. This a s sumes  

that volume, power, environmental protection, etc. margin  was allowed 

i n  the basic design on Februa ry  1974. This evaluation a lso  c lear ly  identifies 

that ea r ly  in  the p r o g r a m  most  changes can be implemented without causing 

m a j o r  c o s t  impact,  but a f te r  November 1975 bal last  i s  the probable cos t -  

effective candidate fo r  meeting the project weight. However, the thermal  

insulation and the heat shield could be var ied  i n  thickness until March 1977. 
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The planned weight evaluations will be aligned to precede o r  match 

the design-to-cost reviews. Items currently defined a s  possible weight 

management a reas  are: 

1) Test  elimination 

a )  Aeroshell afterbody acoustics test, fix - increase stiffeners 

2) Material substitutions 

a) Descent capsule outer skin; fix - use steel 

b) Stability ring; fix - inser t  steel sl'eeves 
. , 

3) Manufacturing tolerances 

a )  Insulation thickness 

' b) Heat shield thickness 

c) Machining tolerance 

1) Pressure.Vesse1." 

2)  Longerons 

3) Stability Ring 

d) Repair Factors 

4) Electronics 

a )  Open procurement requirements 

5) Science 

a) Potential candidates changes for  incorporation 

1) New science added to the payload 

2) Revisions to the science payload 

3)  . Science, instrument exchanges 

b) Replacement science 

The heat shield and insulation thickness can provide an a r ea  to whic 

weight can be added or removed in  a cost-effective manner. These i tems 

also provide some potential for positioning the center of gravity. 

The l is t  of possible weight management a reas  will be evaluated and 

expanded a s  the program progresses. 





ALL VERSION IV  SCIENCE PAYLOAD 

6.2 PROBE BUS AND ORBITER SYSTEM DEFINITION 

6.2.1 Atlasfcentaur Configuration (Version IV Science Payload) 

6.2.1. i Mechanical Design Concept 

The mechanical design concept selected for  the spacecraft configura- 

tion is a conventional central cylinder/annular equipment platform configu- 

ration used on many existing spacecraft. It i s  a cost-effective concept, 

minimizing the cost and weight while meeting a l l  program requirements. 

The major loads on the spacecraft a r e  the launch accelerations, 

vibrations, and acoustic environments defined in Section 5.2.  The pri-  

mary structure is defined by the accelerations at Centaur cutoff; fo r  the 

orbiter mission, orbit insertion accelerations using the recommended 

solid rocket motors a r e  a s  severe as  the launch accelerations. The sec-  

ondary structure and design of the subsystem assemblies a r e  governed by, 

the vibration environment which occurs during the f i r s t  few seconds after 

liftoff. The acoustic environment at launch governs the design of any 

large surfaces, such as the solar  a r r ay  substrates.  

The central cylinder is the primary load path for  both the probe bus 

and the orbiter vehicles. The highest load is due to the large probe sup- 

ported at the forward end of the central cylinder. Launch accelerations 

tend to buckle the central cylinder. The annular equipment platform is 

supported at i ts  inner edge by the central cylinder. The small  probes and 

the subsystem equipment on the platform a r e  the next largest load, and the 

t russ  assembly is used to stabilize the outer periphery of the platform. 

This t russ  assembly also contains the small  probe re lease  mechanism 

(see  Section 8.8) and supports the solar  a r r a y  panels. An exploded view 

of both probe bus and orbiter i s  shown in Figure 6-25. 

Maintenance of s tructural  commonality between probe bus and orbiter 

for a given launch vehicle was a basic ground rule of the study in order to 

minimize costs. Thus, a basic s tructure was configured, with additional 

features unique to each mission restr iced as fa r  as practicable to mounting 

provisions for mission-peculiar equipment and science instruments. This 

i s  illustrated in F ~ g u r e  6-26. Notice that, except for  the small  probe cut- 

outs in the equipment platform, the basic s t ructures  a r e  identical. Even 

the mounting locations for  the common equipment a r e  retained. 



Figure 6-25. EmlodedView of Orbiter and Probe Bus 



PROBE COMMON ORBITER 

Figure 6-26, Simplicity and Commonality at Structural Design 

The orbit insertion motor i s  mounted in  the central cylinder for the 

orbiter mission. The resulting accelerations during orbit insertion motor 

firings a r e  about the magnitude and in the same direction as  the launch 

accelerations; thus, no new load paths a r e  required for the orbiter 

spacecraft. 

The science instruments a r e  provided with their desired fields of 

view, as  illustrated in Section 3.2. The equipment platform i s  mounted 

toward the aft end of the spacecraft, to give the spectrometer instruments 

clear fields of view and to avoid potential contamination of their viewing 

hemisphere by the attitude control system thrusters. This location of the 

platform yields flexibility for mounting additional science instruments by 

providing clear views in any aft-facing direction and by maintaining com- 

monality with the probe bus configuration. This, is the forward portion 



of each spacecraft is  reserved for mission-peculiar equipment (probes 

for the probe bus, and communications antennas for the orbiter) and the 

aft portion for spacecraft equipment and science accommodation. The 

solar a r r ay  size is also mission-related, and is  forward-located. 

To permit sequential small probe release it i s  necessary that the 

center of mass  of the probe spacecraft after large probe release be in the 

same plane a s  the centers of mass of the small probes and spacecraft 

expendables. Thus, as each small probe is  released, the spin axis moves 

parallel to the geometric axis, without tilting. This permits accurate 

knowledge of spacecraft attitude during small  probe release which i s  

required for good targeting knowledge, to minimize smal l  probe wobble, 

and t o  allow the use of axial high-gain earth-pointing antennas. Therefore, 

the center of mass of the bus after large probe release,  and of the orbiter. 

i s  just forward of the equipment platform. With the forward-located solar 

arrays  this arrangement results in a solar torque imbalance which tends 

to  precess the spacecraft at  a steady rate. This i s  discussed in detail in 

Section 8.5.  On the orbiter,  in a similar fashion, a single deployable 

magnetometer boom is allowable by having expendables (liquid and solid 

propellant) and the magnetometer boom all in the same plane a s  the center 

of gravity of the spacecraft. 

Each configuration has an inertia ratio well i n  excess of 1. 10 for 

good spin stability during a l l  flight phases. Mass properties of the space- 

craft  a r e  tabulated in Section 6.2.1.3. 

6.2. 1.2 Dynamics and Attitude Control 

The dynamic response of a spin-stabilized spacecraft affects the per-  

formance of the attitude control system. The pr imary dynamic distur- 

bances to  the spacecraft attitude are induced during the firing of the AV 

thrusters and the solid rocket motor. The thrusters  a r e  located such that 

velocity change (AV), attitude precession, and spin-rate change can be 

accomplished by firing appropriate pairs of thrusters (see Figure 6-27). 

The axial thrusters provide AV by firing a pair of thrusters oriented 

in the same axial direction. This provides a net thrust  vector which acts 

along the spacecraft centerline. The primary disturbance torques resulting 

from this a r e  because of thrust-level differential between the two thrusters 
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Flgure 6-27. Attitude and Velocity Control Thruster Arrangement 

being fired, the misalignment of the thrusters, and the spacecraft center 

of mass offset from the centerline. The thrust-level differential produces 

a body-fixed transverse torque on the spacecraft. This causes the space- 

craft spin axis to cone in inertial space and produces e r ro r s  in the velocity 

increment and spacecraft attitude. 

The misalignment of the thrusters produces both a transverse torque 

and a spin torque on the spacecraft. The spin torque i s  the greater of the 

two effects such that for large AV maneuvers, the potential spin-rate change 

is  quite large. Therefore, before a AV maneuver, the spin coupling should 

be calibrated and the maneuver then controlled such that unacceptable spin- 

rate changes a r e  not induced. This can be done either by changing the ini- 

tial spin rate to accommodate the expected change, or by performing the 

AV maneuver in more than one increment and correcting the spin rate after 

each increment. 

After releasing the f i rs t  and second small probes, a large center of 

mass offset occurs in the radial direction. This produces a transverse 

torque which produces the same type of disturbances as  the thrust level 

differential produces. The resulting e r ro r s  can be reduced by increasing 

the spin rate before the AV maneuvers if necessary. 

The transverse (spin control) thrusters can also be used to produce 

a AV by firing in a pulse mode an appropriate pair which are  both oriented 

in the same direction. The primary disturbance induced by this maneuver 

is  attitude e r r o r  due to  axial center-of-gravity location and spin coupling 

due to thrust-level differential. The transverse thrusters a r e  nominally 

located in the center-of-mass plane of the spacecraft. However, for the 

probe bus, the center-of-mass plane changes significantly after large 



probe separation. Therefore, the spin control thrusters a r e  located in 

the center-of-mass plane which exists after large probe separation. The 

attitude e r r o r s  induced by a AV maneuver using these thrusters before 

large probe separation a r e  prohibitive, thereby requiring the axial 

thrusters for such maneuvers. 

For  the orbiter configuration, the solid rocket motor firing induces 

dynamic e r r o r s  of the same nature as  those the axial thrusters produce. 

However, because of the much larger thrust of the solid rocket motor, 

the disturbance torques due to  thrust vector misalignment require a much 

higher spin rate to  limit the e r r o r s  to a reasonable value. A spin rate of 

6 .28  rad/s  (60 rpm) has been found to be necessary for this maneuver. 

The magnitudes of the expected disturb-ances a r e  shown in Tables 6- 11 

and 6-12. 

Table 6 - i  1. Atlas/ Centaur Probe Mission Spacecraft Dynamic Disturbances 
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6. 2. 1. 3 Mass Properties 

Weight and mass  properties estimates are  summarized in this 

section for the AtlaslCentaur probe and orbiter spacecraft configurations. 

The f irst  part presents the mass  properties for the preferred Atlas/ 

Centaur Version IV science payload and the all-1978 mission launches, 

and is restricted to the preferred configurations of probe and orbiter 

(earth-pointing) and the optional orbiter configuration with despun reflector. 
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Tab le  6-12. Atlas/Centaur Orbi te r  Dynamic Disturbances 
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The second par t  of this section is devoted t o  e a r l i e r  studies on the 

Version 111 science payload and the 1 977/1978 mission launches and in- 

cludes m a s s  propert ies  of the prefer red  probe and orb i te r  configurations 
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as  well a8 th ree  optional orbi ter  configurations. 

The spacecraf t  weight summary  i s  preaented in Table 6 - 1 3  fo r  the 

prefer red  Atlas/Centaur probe and orb i te r  missions.  The weight margin 

for each mission represents  the additional launch capability over the 

est imated cur rent  weight, including contingency and nominal science 

payload. 

Presented below a r e  m a s s  propert ies  requirements ,  weight sum- 

mar ie s ,  detailed weight breakdowns, m a s s  proper t ies  est imates  for  

various flight conditions, and the coordinate re ference  axes and notation 

systems used in the m a s s  properties analyses. Details of the large and 

sma l l  probe weights and m a s s  propert ies  used in this section a r e  given 

in Section 6. 1. i. 3. 
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The requirements  imposed by the  Version IV science payload, the 

use  of AtlasJCentaur fo r  both missions,  the change in the probe mission 

launch date to i 978, and the upward revision of anticipated Atlas /Centaur 

performance a r e  reflected in Table 6-14. Based  on a review of the launch 

vehicle supplier data, t he  mass  propert ies  requirements  imposed by the 

launch vehicle a r e  not stringent and should pose no problems. 
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Table 6-13. Spacec,raft Weight Summary f o r  the  P r e f e r r e d  
Atlas/Centaur  Probe and Orbi ter  Missions 

Table 6-14. Atlas/Centaur Spacecraft  M a s s  Proper t ies  
Requirements  f o r  Atlas/Centaur Version IV 
Science Payload and All-1978 Mission Launches 
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The  detailed weight breakdowns for the  p re fe r red  probe and orbi ter  
@A/. IV 

spacecraf t  configurations a r e  presented in F igure  6- 28A. Because of the 

increased  payload capability of the  AtlasICentaur,  sufficient weight 



A/C IV A~/C IV

A DETAILED WEIGHT SUMMARY B SUMMARY OF SPACECRAFT MASS PROPERTIES DURING VARIOUS FLIGHT CONDITIONS C COORDINATE REFERENCE AXES AND NOTATION

WEIGHT WEIGHT PROBE SPACECRAFT
SDESCRIPTION DESCRIPTIONDESCRIPTION PROBE MISSION ORBITER MISSION PROBE MISSION ORBITER MISSION

(KG) (LB) (KG) (LB) (KG) (LB) (KG) (LB)

ELECTRICAL POWER 21.5 47.4 39.4 86.8 STRUCTURE (CONTINUED) . DIA
SOLAR ARRAY ASSEMBLY (SIX PANELS) 8.16 18.0 14.20 31.3 PLATFORA/COMPARTMENT ASSEMBLY 27.03 59.6 27.03 59.6
BATTERY 1.59 3.5 10.48 23.1 UPPER STRUTS (12) (2.59) (5.7) (2.59) (5.7)
POWER CONTROL UNIT INCLUDING SHUNT 4.45 9.8 6.35 14.0 PLATFORM STRUTS (6) (1.68) (3.7) (1.68) (3.7)
CTRF 4.99 11.0 6.03 13.3 VERTICALS (6) (1.81) (4.0) (1.81) (4.0)
INVERTER 2.31 5.1 2.31 5.1 UPPER RING ASSEMBLY (2.54) (5.6) (2.54) (5.6) _____'-,_" ,_T

S M A LL

COMMUNICATIONS 13.2 29.1 15.0 33.1 PLATFORM STRUT FITTINGS (6) (0.82) (1.8) (0.82) (1 .8) WE HT  CENTER OF GRAVITY MOMENTS OF INERTIA
( )  

PRODUCTS OF INERTIA
( )

CONSCAN PROCESSOR ... .---- 0.36 0.8 PLATFORM ASSEMBLY (15.69) (34.6) (15.69) (34.6) CONDITION RATIO(1) (1)(2)
RECEIVERS (2) 4.90 10.8 2.36 5.2 BRACKETS AND ATTACH HARDWARE (1.90) (4.2) (1.90) (4.2) (KG) (LB) X Y Z (K (LUG (KG- (SLUG (KG- Z (SLUG (KGXSLUG (KG-XZ(SLUG (KG- YZ(SLUG X/Iy IX/IZ PARAMETERA
TRANSMITTER DRIVERS (2) 1.27 2.8 1.09 2.4 SOLAR ARRAY SUPPORT ASSEMBLY 5.90 13.0 5.81 12.8 (CM) (IN.) (CM) (IN.) (CM) (IN.) M

2
) FT

2
) M

2
) FT

2
) M

2
) FT

2  
M

2
) FT2) M

2
) FT

2
) M

2
) FT

2
) LARGE PROBE

POWER AMPLIFIERS (2) 0.54 1,2 0.54 1.2 UPPER RING (1.64) (3.6) (1.55) (3.4)
HYBRIDS (0/2) ---- ---- 0.09 0.2 LOWER RING (1.81) (4.0) (1.81) (4.0) PROBE MISSIONC

DIPLEXERS (2) 1.95 4.3 1.95 4.3 STRUTS (18) (2.45) (5.4) (2.45) (5.4) AFTER BOOSTER SEPARATION 782.0 1724 328.2 129.2 0 0 0 0 430 317 316 233 290 214 0 0 0 0 7.7 5.8 AT SEPARATION +Z
SWITCHES (5/7) 1.36 3.0 1.91 4.2 PROBE SUPPORT AND RELEASE MECHANISMS (4) 8.03 17.7 ---- (430) (317) (316) (235) (287) (212) (-15.3 DEG) (1.35) (1.50) (0.42) CENTER OF GRAVITY
FORWARD OMNI 0.14 0.3 0.41 0.9 HIGH-GAIN ANTENNA SUPPORT ASSEMBLY ---- ---- 1.27 2.8 AFTER MIDCOURSE 772.5 1703 328.4 129.3 0 0 0 0 426 314 315 232 287 212 0 0 0 0 7.9 5.8 SEPARATION (
AFT OMNI 0.41 0.9 0.14 0.3 MAGNETOMETER BOOM ASSEMBLY ---- ---- 4.22 9.3 (426) (314) (316) (233) (285) (210) (-15.3 DEG) (1.35) (1.50) (0.41) AT
MEDIUM-GAIN ANTENNA 1.50 3.3 1.50 3.3 PROPULSION SUPPORT ASSEMBLY 2.27 5.0 2.27 5.0 AFTER LARGE PROBE SEPARATION 468.1 1032 307.6 121.1 0 0 0 0 376 277 224 165 197 145 0 0 0 0 79 58 56CM(140.
HIGH-GAIN ANTENNA ---- ---- 3.31 7.3 DAMPER (2/1) 2.72 6.0 2.72 6.0 (376) (277) (226) (167) (195) (144) (-15.0 DEG) (1.66) (1.92) (0.7)
RF COAX AND CONNECTORS 1.13 2.5 1.36 3.0 FORWARD OMNI SUPPORT 0.23 0.5 0.23 0.5 AFTER FIRST SMALL PROBE

ELECTRICAL DISTRIBUTION 15.5 34.1 15.8 34.8 APT OMNI SUPPORT 0.68 1.5 0.23 0.5 SEPARATION 386.5 852 307.6 121.1 15.7 6.2 9.1 3.6 297 219 202 149 137 101 0 0 0 0 -40.1 -29.6.2 .(297) (219) (221) (163) (118) (87) (-25.7 DEG) (1.34) (2.52) (0.73) t 1 ,. ! I:'CII"0N) J
COMMAND DISTRIBUTION UNIT 4.13 9.1 4.45 9.8 MEDIUM-GAIN ANTENNA SUPPORT 0.23 0.5 0.23 0.5 AFTER SECOND SMALL PROBE

HARNESS AND CONNECTORS 11.34 25.0 11.34 25.0 SCIENCE SUPPORT BRACKETRY 1.36 3.0 1.36 3.0 SEPARATION 304.4 671 307.6 121.1 0 0 23.1 9.1 226 167 169 125 103 76 0 0 0 0 7.7 5.7 PLANE
DATA HANDLING 3.9 8.5 18.4 40.5 NM/fM SPECTROMETER SUPPORTS (2) 2.04 4.5 1.50 3.3 (226) (167) (171) (126) (103) (76) (-6.6 DEG) (1.32) (2.20) (0.72) REF STA 254CMDIGITA L TELEMETRY UNIT 3.08 6.8 3.08 6.8 EQUIPMENT TIE-DOWN AND INTEGRATION HARDWARE 4.08 9.0 4.08 9.0 AFTER THIRD SMALL PROBE(100 IN.) 0 INDIA (37.75 IN.)

DIGITAL TELDECODER UNIT (2) 0 .77 1.7 0.77 1.7 BALANCE WEIGHT PROVISION 5.4 12.0 5.4 12.0 SEPARATION (END OF LIFE) 220.0 485 307.6 121.1 0 0 0 0 176 130 121 89 99 73 0 0 0 0 7.7 5.7
DIGITAL DECODER UNIT (2) 0.77 1.7 0.77 1.7 BALANCE WEIGHT PROVISION 5.4 12.0 5.4 12.0

DATA STORAGE UNIT ---- ---- 14.52 32.0 ----------------------------------------------------- ------------------------------------ --------- ORBITER MISSION ORBITER SPACECRAFT
* SPACECRAFT BUS LESS SCIENCE (DRY) 161.0 355.0 214.1 472.0

ATTITUDE CONTROL 2.7 6.0 4.7 10.3 A--- -B OST SPAT------------------------------------------------------------ ----------------- ION 508.0 1120 309.4 121.8 0 0 0 0 264 195 167 123 175 129 0 0 0 0 -15.2 -11.2
CONTROL ELECTRONICS ASSEMBLY 2.31 5.1 2.45 5.4 SCIENCE INSTRUMENTS 13.8 30.3 45.4 100.1 (264) (195) (156) (115) (187) (138) (-38.1 DEG) (1.70) (1.41) (0.53)
SUN SENSOR ASSEMBLY (2) 0.41 0.9 0.41 0.9 NEUTRAL MASS SPECTROMETER 6.26 13.8 6.26 13.8 AFTER BOOSTER SEPARATION 508.0 1120 309.4 121.8 1.5 0.6 -0.3 -0.1 312 230 168 124 221 163 0 0 0 0 -18.4 -13.6261.6 CM (103.0) DIA
DRIVE SYSTEM, RAM PLATFORM ---- ---- 1.81 4.0 ION MASS SPECTROMETER 1.81 4.0 1.68 3.7 (MAGNETOMETER DEPLOYED) (312) (230) (161) (119) (226) (167) -17.3 DEG) (1.93) (1.38) (0.59)

PROPULSION (DRY) 7.9 17.4 7.9 17.4 ELECTRON TEMPERATURE PROBE 1.13 2.5 1.59 3.5 AFTER MIDCOURSE 505.8 1115 309.4 121.8 1.5 0.6 -0.3 -0.1 310 229 167 123 221 163 0 0 0 0 -18.4 -13.6
PROPELLANT TANK ASSEMBLY (3) 4.49 9.9 4.49 9.9 MAGNETOMETER ---- ---- 4.04 8.9 (MAGNETOMETER DEPLOYED) (310) (229) (161) (119) (226) (167) (-17.3 DEG) (1.92) (1.37) (0.59)
THRUSTER ASSEMBLY (8) 2.18 4.8 2.18 4.8 UV SPECTROMETER 3.13 6.9 6.26 13.8 PRIOR VENUS ORBIT INSERTION 505.8 1115 309.4 121.8 0 0 0 0 263 194 167 123 175 129 0 0 0 0 -15.2 -11.2 18 N
FILTER 0.23 0.5 0.23 0.5 SOLAR WIND ANALYZER ---- ---- 5.76 12.7 (MAGNETOMETER STOWED) (263) (194) (155) (114) (186) (137) (-38.1 DEG) (1.70) (1.42) (0.54)
FILTER 0.23 0.5 0.23 0.5 SOLAR WIND ANALYZER ----. .... 5.76 12.7(05)- RAR

PRESSURE TRANSDUCER 0.14 0.3 0.14 0.3 IR RADIOMETER ---- ---- 6.26 13.8 AFTER VENUS ORBIT INSERTION 358.8 791 309.4 121.8 0 0 0 0 256 189 159 117 167 123 0 0 0 0 -15.2 -11.2
FILL AND DRAIN VALVE ASSEMBLY 0.09 0.2 0.09 0.2 X-BAND OCCULTATION ---- ---- 3.13 6.9 (MAGNETOMETER STOWED) (256) (189) (148) (109) (179) (132)(-38.1 DEG) (1.73) (1.43) (0.56)
PROPELLANT LINES AND MISCELLANEOUS 0.77 1.7 0.77 1.7 RF ALTIMETER ---- ---- 10.43 23.0 AFTER VENUS ORBIT INSERTION 358.8 791 309.4 121.8 2.3 0.9 -0.3 -0.1 302 223 160 118 213 157 0 0 0 0 -18.4 -13.6 MAGNETOMETER AND

(MAGNETOMETER DEPLOYED) (0)(2) (5)(1) (1) (6)(1. E) (.7 13) (.1SOLID INSERTION MOTOR (BURNOUT) ---- ---- 18.7 41.1 RETARDING POTENTIAL ANALYZER 1.41 3.1 (302) (223) (153) (13) (218) (161) (-17.3 EG) (1.97) (1.38) (0.61) ELECTRONICS UNIT
-------................... ........... ..... ... .....---------------------------------- AFTER SCIENCE DEPLOYMENT 358.8 791 309.4 121.8 4.8 1.9 2.0 0.8 325 240 182 134 213 157 0 0 0 0 -4.5 -3.3THERMAL CONTROL 15.5 34.3 15.2 33.5 * SPACECRAFT BUS (DRY) 174.8 385.3 259.5 572.1 (MAGNETOMETER DEPLOYED) (325) (240) (182) (134) (214) (158) (-7.8 DEG) (1.79) (1.52) (0.64)

INSULATION ASSEMBLY 10.12 22.3 8.35 18.4 - ---------------------------------------------------- ----------------------------------------- ----- END OF LIFE 347.4 766 309.4 121.8 5.1 2.0 2.0 0.8 321 237 180 133 212 156 0 0 0 0 -4.5 3.3
FORWARD CLOSURE ASSEMBLY 1.09 2.4 1.32 2.9 PROBES (WITHOUT CONTINGENCY) 473.7 1044.4 ..---- ---- (MAGNETOMETER DEPLOYED) (321) (237) (179) (132) (212) (156) (-7.9 DEG) (1.79 (1.52) (0.64)
SIDE CLOSURE ASSEMBLY 0.54 1.2 0.54 1.2 LARGE PROBE 263.6 581.2 .---- ---- V
LOUVER ASSEMBLY (3/5 SQUARE FEET) 1.77 3.9 2.95 6.5 SMALL PROBES (3) 210.1 463.2 ---- ---- NOTE: (1) VALUES IN PARENTHESES ARE FERENCED RELATIVE TO THE PRINCIPAL AXES RAM

THERMAL FIN-TRANSMITTER 0.68 1.5 0.68 1.5 .-.. 0.5PLATFORM

HEATERS, ISOLATERS, PAINT, ETC. 1.36 3.0 1.36 3.0 * S C D 14572.1 (2) INERTIA PARAMETER, A = Y -Z +

STRUCTURE 75.4 166.2 73.7 162.5 PROPELLANTS AND PRESSURANT 19.9 43.8 162.6 358.4 CENTER OF GRAVITY
CENTRAL CYLINDER ASSEMBLY 20.82 45.9 22.77 50.2 INSERTION PROPELLANT AND EXPENDED INERTS ---- ---- 144.47 318.5 210.8CM

UPPER RING (3.99) (8.8) (2.90) (6.4) HYDRAZINE PROPELLANT 18.10 39.9 . 16.33 36.0 (83.0 IN.)
CYLINDER AND LOWER FRUSTUM (8.21) (18.1) (8.08) (17.8) NITROGEN PRESSURANT 1.77 3.9 1.77 3.963.5 CM 393 AD
PLATFORM SUPPORT RING (1.54) (3.4) (1.54) (3.4) -------------------------------------------------------------------------------------------------- (25.0 IN.) 5 DEG)
SEPARATION RING (6.62) (14.6) (6.62) (14.6) * SPACECRAFT LESS CONTINGENCY 668.4 1473.5 422.1 930.5

MOTOR MOUNTING RING ---- ---- (2.95) (6.5) -------------------------------------------------------- ----------------------------------------- 3... .
ATTACH HARDWARE (0.46) (1.0) (0.68) (1.5) CONTINGENCY (NET ALLOWABLE) 113.6 250.5 85.9 189.5 34.3 CM (1350 IN)

(PERCENT OF DRY SPACECRAFT WEIGHT) (17.5) (33.2) 2A INGROSS SPACECRAFT AFTER SEPARATION 782.0 1724.0 508.0 1120.0DIA PLANE
F R A M E. 

ND_ ___7 
.480 

REF STA 254.0 CM
213. CM 85.0IN.)DIA(100 IN.)

Figure 6-28. Preferred Earth-Pointing Atlas/Centaur Spacecraft Mass

Properties Summary, Version IV Science Payload and 1978

Mission Launches
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contingency margins  exist  for  both configurations, even f o r  the 1978 launch 

opportunity, which is inferior t o  1977. F o r  the  probe and orbi ter  space- 

c ra f t s  the congingency margins a r e  113 kg (250 lb) and 86 kg (190 lb), 

respectively. As a percentage of dry spacecraf t  weight, this  represents  

a contingency factor of 17. 5 percent for the probe and 33. 2 percent for  

the orb i te r ;  t hese  exceed the preliminary contingency analysis  requi re-  

ments  (Appendix 6A) of an estimated 15. 8 percent  for  the  probe and 

13. 2 percent fo r  the orbiter. The science payload weight a l so  includes a 

weight allowance of 15 percent.for present uncertainty. 

Spacecraf t  m a s s  properties charac ter i s t ics  fo r  var ious flight con- 

ditions a r e  summarized  in Figure 6-28B and a r e  based  on the coordinate 

re ference  axes and notation systems presented in F i g u r e  6-28C. 

The iner t ia  pa ramete r s  ( A )  for the probe spacecraf t  before probe 

separation range in value between 0.41 and 0. 42, and during and af te r  

probe separation f r o m  0. 59 to  0. 78. F o r  the o rb i t e r  spacecraf t  the A 

value ranges between 0.53 and 0.64. Two dampers  a r e  used in the probe 

spacecraf t  configuration and a single damper in the orbiter.  

All expendables, separable  elements,  and deployables a r e  located 

in the composite longitudinal center-of-gravity plane of the  spacecraft  bus 

i .  e .  in the longitudinal center-of-gravity plane of the  spacecraf t  less  the 

l a rge  probe) to  minimize principal spin-axis misal ignment  of the  probe 

spacecraf t  during periods of asymmetr ic  separat ion of the  sma l l  probes 

and the  deployment of scientific sensors  before Venus entry. Radial shift 

of the  spin axis occurs  during these periods; however,  the spin axis 

remains  paral le l  t o  the longitudinal re ference  axis ,  s ince products of 

iner t ia  a r e  not induced in the XY and XZ planes. 

Similarly, fo r  the AtlasICentaur orbi ter  mission,  a l l  expendables, 

and deployables with the exception of the r ada r  a l t ime te r  antenna a r e  

located in the composite longitudinal center-of-gravity plane of the space- 

c ra f t  bus. The radar  a l t imeter  antenna i s  stowed in  such a manner  that 

there  is no change in the products of iner t ia  about the spacecraf t  center  

of gravity in the deployed position. The only problem with this scheme i s  

the possibility of a fai lure  mode where only par t ia l  deployment of the 

antenna causes a degradation in mission per formance  resulting f rom a 

change in products of inertia and associated principal axis  shift. A method 



@AICIV which would eliminate this problem i s  to  counter-balance the weight of 

@- A/C I V  
deployable m a s s  in such a manner  that even part ia l  deployment does not 

change the products of inertia.  The disadvantage of the counterweight i s  

approximately 2.  72 kg (6-lb) increase  in spacecraf t  weight. The most  

desirable  deployment scheme i s  an in-plane deployment. However, cu r ren t  

est imates  of dimensions preclude stowing the antenna in the center  of g r a v ~ t y .  

F o r  both the  probe and orb i te r  spacecraf t  configurations, the launch 

vehicle m a s s  proper t ies  requi rements  a r e  l e s s  stringent than spacecraf t  

operational considerations. A prel iminary allocation of 0. 0035 radian 

(0. 20 degree) fo r  the  pr incipal  axis uncertainty for  both the  orb i te r  and 

the probe spacecraf t  during probe separation and bus entry has  been made  

to  sat isfy the  e r r o r  budget fo r  attitude determination and probe deployment. 

F igure  6-28B summar izes  m a s s  propert ies  and principal axes 

orientation during various flight conditions. 

Optional Despun Reflector Orbi ter  Configuration 
fo r  the Version IV Science Payload @j AIC IV 

A weight s u m m a r y  comparing the optional orbi ter  configuration with 

the  prefer red  configuration i s  presented in Table 6-15. The  optional con- 

figuration i s  feasible f r o m  a m a s  s propert ies  consideration, having ade- 

quate weight contingency and being inertially stable. The detailed weight 

breakdown for the optional configuration i s  presented in Appendix 6D. 

Table 6-15. AtlasICentaur  Optional Despun Reflector Orbi ter  Configuration 
Weight Comparison (Version IV Science Payload) 

DTPRIPIION 

ELECTRICAL POWER 

CDMMUNICATIONI 

ELECTRICAL DISIRIBVIION 

UhTA HANDLING 

ATTITUDE CONTROL 

PROPULIlON (DRY) 
SOLID INIEI(II0N MOTM:lBURNOUll 

THERMAL CONTROL 

STRUCTURE 

BALANCE WilGHT PROVISION 

SPACECRAFT BUS i t5 i IC lENCE (DRY1 

SCIENTIFIC INSTRUMENTI 

IPACTCRnFT (DRY! 

INItRTlON MOTOR FXPCNDABLII 

HYDRAllNi PROPEIMNI AND PREIIURANT 

SPACECRAFT LEIS CONT~NGENCY 

CONTINGCNCY (NET ALLOWABLE1 

IPERCENT OF DllY IPACECIIAFI WEIGHT1 

GROSS SPACECRAFT ASTER SEPAVATION 

EARTH POINTING 
PREFERRED 

CONFIGURATION 
IKG ILB1I 

39.1 186.81 

15.0 133.1) 

15.8 lN.81 

38.4 1CO.SI 

4.7 110.31 

1 . 9 l 1 7 . 4 1  

I 14l. l l  

15.2 13J.il 

73.7 lIb2.51 

5.4 112.01 

214.1 (4n.01 

45.4 (IW.11 

219.5 157?,11 

1 4 . 5  (318.5) 

18.1 (39.91 

42" ley1.5b 

85.7 Ii89:5! 

l33.l%1 

508.0 (1120.0l -- 

M I G H T  

DIIPUN REFLECTOR 
OPTIONAL 

CONFIGURATION 
[KG lL81I 

44.5 198.11 

12.7 (27.91 ' 

15.8 (YI.81 

18.4 140.51 

12.8 128.31 

7.9 117.41 

18.6 Y I L l I  

15.0 133.01 

72.0 1158.81 

5 . l  112.01 

721.1 14?I.P1 -- 
45.4 1100.11 

268.5 1592.01 -- 
144.5 1318.11 

i 8 . I  (39.4 

431.1 1950.41 -- 
76.9 lIb'.bl 

128.69bl 

108.0 ~II20,O~ - 



Requirements for  Version I11 Science Payload 
and i 977/1978 Mission Launches 

$ N C  Ill @AIC I11 

The probe and orb i te r  spacecraft  m a s s  proper t ies  requirements  

imposed by the  AtlaslCentaur  launch vehicle and miss ion  considerations 

a r e  summarized  in Table 6-16 for the Version I11 science payload and the 

197711978 mission launches. 

Table 6-16. Atlas/Centaur  Spacecraft  M a s s  P r o p e r t i e s  Requirements fo r  
Version 111 Science Payload and i 977 / 1978 Mission Launches 

IIMITAIION (DISTANCE OF SPACECRAFT 
CENTFR OF GRAVITY FORWARD OF (NOT A STRINGENT LAUNCH 

VEHICLE REQUIREMENT) 

P r e f e r r e d  Spacecraft  Configurations fo r  Version I11 Qrn &> 
Science Payload and 197711 978 Mission Launches 

The detailed weight breakdowns fo r  the p r e f e r r e d  probe and fanbeam, 

fanscan orb i te r  spacecraf t  configurations for Version 111 science payload 

and 1977/1978 mission launches a r e  presented in F i g u r e  6-29A. Even 

with  the e a r l i e r  estimate of Atlas/Centaur  performance,  sufficient 

weight contingency margins  exist  for both configurations. F o r  the probe 

and orb i te r  spacecraf ts  t h e  contingency margins  a r e  124. 7 kg (275 lb) and 

43. 2 kg (95.2 lb), respectively. As a percentage of d r y  spacecraf t  weight 

this represents  a contingency factor of i 9. 9 percent  f o r  the probe and 

17. 1 percent for the orbi ter ,  which exceed pre l iminary  contingency analy- 

s e s  requirements  (Appendix 6 E )  of an est imated 15. 8 percent for the probe 

and 13. 2 percent f o r  the orbi ter .  



FRAME 1 

ADtTAlLED WEIGHT SUMMARY SUMMARY OF SPACECRAFIMASS PROPERTIES DURING VARIOUS RIGHT CONDITIONS !i 
J 
I 
/I 
I 
1 

I 
DLXRlPTlON 

ELECTRICAL WWER 

SOLAR ARRAY ASSEMBLY (SIX PANELS) 
BATTERY 

POWER CONTROL UNIT INCLUDING SHUNT 
CTRF/INVERTER 

COMMUNICATIONS 

CONSCAN PROCESSOR 
RECENEKS p )  

TRANSMITTER DRIVERS (21 
POWER MIPLIFIERS (4) 

W T  

HYBRIDS (1/51 

DIPLEXERS (2) 

SWITCHES 14/81 

FORWARD OMNI 

AFT OMNl 

MEDJUM GAIN ANTENNA 

FAN-BEAM ANTENNA 

FANSCAN ANTENNA 

RF COkY AND CONNECTORS 

ELECTRICAL DISTRIBUTION 
COMMAND DISTPI8UTION UNlT 

HARNESS AND CONNKTORS 

DATA HANDLING 

DIGITAL TELEMETRY UNlT 

DIGITAL DECODER UNIT (21 

DATA STORAGE UNIT (3) 

ATTITUDE CONTROL 
CONTROL ELECTRONICS ASSEMBLY 

SUN SENSOR ASSEMBLY (7.1 

PROPULSION (DRY) 

FROPELLAMI TANK ASSEMBLY (3) 
THRUSTER ASSEMBLY (8) 

FILTER 

PRESSURE TRANSDUCER 

FILL AND DRAIN VALVE ASSEMBLY 

PROPELLANT LINES AND MISCELLANEOUS 

SOLID INSERTION MOTOR (BURNOUT) 

THERMAL CONTROL 

INSULATION ASSEMBLY 

FORWARD CLOSURE ASSEMBLY 
SIDE CLOSURE ASSEMBLY 

LOUVER ASSEMBLY (3,O SQUARE FEET) 

THERMAL FIN-TRANSMITTER 

HEATERS, ISOLATORS, PAINT, ETC. 

STRUCTURE - 
CENTRAL CYLINDER ASSEMBLY 

UPPER RING 
CYLINDER AND LOWER FRUSTUM 

PLhlFORM SUPPORT RING 

SEPARATION RING 

MOTOR MOUNTING RING 

ATTKH HARDWARE 

C COORDINATE REFERENCE AXES AND SYSTEM NOTATION SYSTEM 1 
PROBE SPACECRAFT 

k 2 6 1 . 6  CM (103.0 IN.) D l A 4  

- 

DESCRIPTION 

STRLKrURE (CONTINUED) 

PLATFORY/COMPARTMENT ASSEMBLY 

UPPER STRUTS (121 

PLATFORM STRUTS (6) 
MRTICALS (6) 

UPPER RING ASSEMBLY 

PLATFORM STRUT FITTINGS (6) 
PLATFORM ASSEMBLY 

BRACKETS AND ATTACH HARDWARE 

SOLAR AXRAY SUPPORT ASSEMBLY 
UPPER RlNG 

LOWER RING 

STRUTS (181 

PROBE SUPPORT AND RELEASE MKHANlSMS (4) : 
ANTENNA SUPWRT ASSEMBLY 

MAGNETOMETER BOOM ASSEMBLY 

PROPULSION SUPPORT ASSEMBLY 

DAMPER @/I) 

FORWARD OMNl SUPPORT 

AFT OMNl SUPPORT 

MEDIUM GAIN ANTENNA SUPPORT 

ICIENCE SUPPORT BRACKETRY 

N W I M  SPECTROMETER SUPPORTS (2) 

EQUIPMENT TIE-DOWN AND INTEGRATION HAXDWARE 

BALANCE WEIGHT PROVISION 

. SPACECRMT BUS LESS SCIENCE (DRY) 
------.---------.--.---..----.----.-..---.-.--- 

Y l E K E  INSTRUMENTS 
NEUTRAL MASS SPKTROMEIER' 

ION MASS SPECTROMETER 

ELECTRON TEMPERATURE PROBE 

UV FLUOREYENCE 

MAGNETOMETER 
W SPECTROMETER 

I R  RADIOMETER 

RF ALTIMETER 
---.-------.-.---.--.----------.----..--.------ 

SPACECRAFT BUS (DRY) 
-.--------------------.-....-------...---.---.- 

PROBES WITHOUT CONTINGENCY) 

LARGE PROBE 

SMALL PROBES (3) 
- - - - - . - - . - - - - . - - . . . . - - . , - . - - - - - . . . - - - . . - . - - - . - - -  . SPACECRAFT (DRY) 
-----.----------.-----.--------.----.--.--.---- 

PRORLLANTS AND PRESSURANT 

INSERTION PROPELLANT AND EXPENDED INWTS 

HYDRAZINE PROPELLANT 
NITROGEN PRESSURANT 

----...----.-----.-----------.-.---...-.-----.. . SPACECRAFT LESS CONTINGENCY 
-----.---------...---------------.-..-.---.---- 

CONTINGENCY (NET ALLOWABLE) 
(PERCENT OF DRY SPACECRAFT WEIGHT) 

---------------...----.----------.-..--.--.--.- . GROSS SPACKRAFT AFTER SEPARATION 

PROBE MISSION 
(KG) (LB) 

20.0 9 - 
8.16 18.0 

1.59 3.5 

4.45 9.8 

5.76 12.7 

15.5 - 34.1 - ---- .... 
4.W 10.8 ' 

1.27 2.8 
.... ---- 
3.62 8.0 

0.05 0.1 

1.95 4.3 

l . W  2.4 

0.14 0.3 

0.41 0.9 

0.91 2.0 
--.. -..- 
.... -..- 

1.13 2.5 

15.5 - 36.1 - 
4.13 9.1 

11.34 23.0 

3.9 - 8.5 - 
3.08 6.8 

0.77 1.7 . 
.... ---- 
2.7 - 6.0 - 
2.31 5.1 

0.41 0.9 

6.9 - 15.3 - 
3.13 6.9 

2.18 4.8 

0.18 0.4 

0.18 0.4 

0.18 0.4 

1.W 2.4 

.... - ---- - 
15.5 31.3 - 
10.12 22.3 

1.W 2.4 

0.56 1.2 

I .n 3.9 

0.68 1.5 

1.36 3.0 

79.6 " - 
20.82 45.9 

(3.59) (8.8) 
(0.21) (18.1) 

(1.54) (3.4) 

(6.62) (14.6) 
.... -.-. 
(0.46) (I .O) 

PRODUCTS OF INERT~A(') 
I 

SMALL PROBE NO. 1 

LARGE PROBE 

+Z M L L  PROBE NO. 3 

WEIGHT 

ORBITER MISSION 
(KG) (LB) 

- 50.8 n2.0 
17.46 38.5 

19.M 43.2 

6.35 14.0 

7.39 16.3 

12.5 275 - 
0.36 0.8 

2.36 5.2 

I .D 2.4 

1 .81 4.0 
.... -... 
0.23 0.5 

1.95 4.3 
1.5 3.0 

0.14 0.3 

0.23 0.5 
.... ---- 
1.13 2.5 

0.45 1 .O 

1.36 3.0 

15.8 - 
4.45 9.8 

11.34 25.0 

- 12.5 271 
3.08 6.8 

0.77 1.7 

8.62 19.0 

- 2.7 - 6.0 

2.31 5.1 

0.41 0.9 

- 6.9 - 15.3 

3.13 6.9 

2.18 4.8 

0.18 0.4 

0.18 0.4 

0.18 0.4 

1 .W 2.4 

- 18.7 41.1 

zo.2 MJ 
8.12 17.9 

1.32 2.9 

0.Y 1.2 

4.13 9.1 

4 . n  10.4 

1.36 3.0 

- 73.4 

22.77 50.2 

(2.901 (6.41 
(8.08) (17.81 

(1.5dl (3.4) 

(6.62) (14.61 

(2.95) (6.51 

(0.M) ((1.5) 

CENTER OF GRAVITY 

CENTER OF GRAVITY 
AT SEPARATION 

I 

REF STA 254.0 CM 
(100.0 IN.) 

213.7 CM (85.0 IN.) 

WEIGHT 

PROBE MISSION 
(KG) (LB) 

27.03 59.6 

(2.591 (5.7) 

(1.681 (3.7) 
(1.81) (4.0) 

(2.56) (5.6) 

(0.82) (1.8) 
(15.69) (34.6) 

(1.901 (4.2) 
5.90 13.0 

(1.M) (3.6) 
(1.81) (4.01 

(2.451 (5.4) 
8.m 17.7 
-... -.-- 
4.22 9.3 

2.27 5.0 

2.72 6.0 

0.23 0.5 

0.60 1.5 

0.23 0.5 

1 .% 3.0 

2,.M 4.5 
4.08 9.0 

- 5.4 - 12.0 

165.0 0 - 
12.0 - 
5.44 12.0 
1-45 3.2 

1.W 2.2 
1 . 9  3.5 

2.49 5.5 
.... .... 
--.. .--- 
.... 

- 177.0 3po2 

- 451.0 

257.5 567.6 

193.5 426.6 

= 1 3 8 1 . 4 = =  

18.4 - 
-... .... 
18.10 39.9 

0.27 0.6 

646.4 1424.9 - - 
- 124.7 275.1 

(19.9) 

&I 17W.O 

CENTER OF GRAVlTY 

I ORBITER SPACECRAFT I 

ORBITER MISSION 
(KG) (LB) 

27.m 59.6 

(2.59) (5.7) 

(1.681 (3.7) 

(l.811 (4.0) 
(2.54) (5.6) 

(0.82) (1.81 
(15.69) (34.6) 

(1.90) (4.2) 
5 .8  12.8 

(1.551 (3.4) 
(1.811 (4.0) 

(2.45) (5.0 
.... --.- 
2.90 6.4 

4.22 9.3 

2.27 5.0 

2.R 6.0 
.... ---. 
0.23 0.5 
-.-- .... 

1.36 3.0 
.... ..-- 
4.08 9.0 

- 5.4 - 12.0 

% 72.p 
5.44 12.0 

I .45 3.2 

l . W  2.2 
--.. -.-- 
2.47 5.5 

5.44 12.0 

4.54 10.0 

12.70 28.0 

a 

- ---- - .... 
-.-- ...- 
.... .... 

0.5 
126.10 278.0 

13.97 30.8 
0.27 0.6 

JpZ.Z 

4 s  - 95.2 
(17.1) 

0$34 Pa 

CONDITION 
I 
1 ' 

PROBE MISSION I 
AFTLRBOOSTER SEPABATION1 

(MAGNETOMETER STOWED) 

AFTER 800STER IEPAXSIIITION 1 
(MAGNETOMETER DEPLOYEq) 

AFTER MIDCOURSE 
(MAGNETOMETER D E P L O Y E ~ ~  

PRIOR PROBE SEPARATION I 
(MAGNETOMETER STOWED) I 

AFTERS%ONDSMALLPROBE'SEP. 
(MAGNETOMETER STOWED) 

AFTERTHIRDSMALLPROBESEV~. 
(MAGNETOMETER STOWED) 

END OF LIFE 

ORBITER MlSSlON 

AFTER BOOSTER SEPAXATION 
' (MAGNETOMETER STOWED) 

PIFTERBOOSTERSEPAXATIONj 
(MAGNETOMET~R D E P L ~ Y E D ~  

AFTER MlDCOURSE 

I 
PRIOR VENUS ORBIT INSERTION 

(MAGNETOMETER STOWED) 1 
AFTER VENUS ORBIT INSERTIO~ 

(MAGNETOMETW STOWED) 

AFTER VENUS ORBIT INSERTION 
(MAGNETOMETER DEPLOYED) 

END OF LIFE \ 
WGNETOMETER DEPLOYED) 

li 
U 

NOTE: (1) VALUES IN  PAXFNTHESES - 

MOMENTS OF  INERTIA(^) 

MAGNETOMETER 

(OEPLOYED) 

WEIGHT 

(KG) (LB) 

771.1 1700 

7 l7W 

761.6 16i9 

761.6 1679 

450.0 592 

370.6 817 

291.2 642 

209.1 461 

209.1 461 

431.4 960 

435.4 960 

429.5 947 

429.5 947 

3a.S 667 

303.5 669 

295.7 652 

M E  REFERENCED 

LbU.5 IN,) 

T 
52.6 CM (70.7 IN . )  

SEPARATION PPUNE ' 
REF STA 256.0 CM 
(1cQ.0 IN.) L - 9 5 . 9 ~ ~  (37.75 IN.) D N A  

I 1 
Flqure 6-29. Pre fe r red  Fanbeam, Fanscan AtlaslCentaur Spacecrafl Mass ' 

Pmper t le r  Summary fo r  Version II I Science P a y l m d a n d  

197711978 Mlsslon Launcher 

(CM) (IN) 

0 0 

0.20 0.08 

0 0 

0 0 

9.22 3.63 

23.47 9.24 

0 D 

0.76 0.30 

0 0 

0.36 0.14 

0.36 0.14 

0 0 

0 0 

0.51 0.20 

0.53 0.21 

AXES. 

X 

(CM) (IN) 

337.6 132.9 

337.6 2 . 9  

337.8 133.0 

337.8 I U . 0  

307.3 121.0 

307.3 121.0 

3307.3 121.0 

307.3 121.0 

307.3 121.0 

306.6 120.7 

306.6 120.7 

306.6 120.7 

306.6 120.7 

3W.6 120.7 

306.6 120.7 

306.6 120.7 

RELATIVE TO 

Y 

(CM) (IN) 

0 0 

W C . 4 0 D . 2 0  

1.02 0.40 

0 0 

0 0 

16.00 6.29 

0 0 

0 0 

3.71 1.46 

0 0 

1.780.70 

1.80 0.71 

0 0 

0 0 

2.57 1.01 

2.62 1.03 

THE PRINCIPAL 

IX (SPIN) 

(KG- (SLUG 

M2) F?) 

W . 3  301.7 
(4W.31Q01.9) 

O.CB452.2333,S 
(452.3)033.6) 

449.7 331.7 
(449.9)@31.8) 

106.9300.1 
(406.91(300.11 

383.0 282.5 
(381.0)(282.5) 

298.1 219.9 
(2W.I)(21?.9) 

222.5 1M.I 
(222.5)(1M.1) 

165.5122.1 
(165.5)(122.1l 

208.3 153.6 
(208.3) oa .6 )  

211.8 156.2 
P11.8)(15b.Z) 

2546  187.8 
(254.6)(187.8) 

253.0 186.6 
(253.0) (186.6) 

210.1 158.0 
(210.11(155.0) 

201.0 150.5 
(ZM.O)(l50.5) 

246.8 182.0 
(246.8)(182.0) 

244.9 iB0.6 
(244.9)(180.6) 

IY 
(KG- (SLUG 

M2) ? )  

341.5 251.9 

? x u  
(KG- (SLUG 
M2) F T ~ )  

0 0 

 RATIO(^) 

Idly IX/IZ 

(Ii(2) 
PARMETER )I. INERTIA 

(344.5) 

W . 2  
(337.2) 

341.0 251.5 
(335.2) (247.21 

339.5 
(342.3) 

217.9 160.7 
WO.9) 

191.2 141 .0 
(201.7) 

154.6 114.0 
(155.41 (114.6) 

101.7 75.0 
(104.5) (77.1) 

103.3 76.2 
197.3) 

131.1 96.7 
(127.4) 

132.7 97.9 
(132.7) 

131.9 77.3 
(131 .?I 

>30.3 96.1 
(126.6) 

124.2 91.6 
(120.4 

125.7 92.7 
(125.7) 

124.7 92.0 
(124.71 

IZ 
(KG- (SL 

$1 FT 

P~~ 
(KG- (SLUG 

M21 F12) 

0 0 
@5d.1)(327.0) 2 4  (1 I 1 . 2 5  (0.22) 

253.13712 10.4 
(248.71(377.0) (22.5") (1.34) ( I  .20) (0.26) 

369.2 
(375.0) 

2Y1.1327.8 0 0 0 0 6.5 4.8 
(-24.W) (1 9 I 2 (0.22) (252.51(325.0) 

206.2 
(i62.R(l03.4] 

1U.2 
L148.8)(l32.6) 

99.1 0 0 0 0 6.5 4.8 
(98.3) I (1.43) (2.26) (0.741 

90.0 
(87.2) 

131.1 
(71.8i036.9) 

141.0 0 0 0 0 -7.2 -5.3 
(94.0)(144.7) (-27.7) (1.64) (1.46) (0.551 

182.2 0 0 0 0 0.5 0.4 
(97.91(182.2) (O.ho) ( 1  ,921 (1 ,401 (0.601 

181.4 0 0  0 0  0 . 5 0 . 4  
(97.3)(181.4) (0.N) (I ,721 0.391 (0.601 

140.2 
(93.4)(143.?) (-27.7) I .  (1 4 (0.55) 

134.0 0 0 0 0 -7.2 -5.3 
(88.8)(137.7) (101 6)  (-27.7) 0.69) (1.48) (0.58) 

175.2 129 2 0 0 0 0 0.5 0.4 
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Spacecraft  m a s s  properties character is t ics  fo r  var ious flight condi- 

t ions a r e  summarized  in F igure  6-29B and a r e  based on the coordinate 

re ference  axes and notation systems presented in F i g u r e  6-29C. 

The iner t ia  parameters  (A)  for the probe spacecraf t  before probe 

separat ion range in value between 0. 22 and 0. 26, and during and af ter  

probe separat ion between 0. 72 and 0. 81. F o r  the o rb i t e r  spacecraft  the  

A value ranges  between 0. 55 and 0.63. 

T o  minimize principal spin-axis misalignment during asymmetr ic  

separat ion of the sma l l  probes and/or deployment of scientific sensors ,  

t h e  s a m e  m a s s  propert ies  control philosophy a s  d iscussed  ea r l i e r  in this 

section i s  followed. A principal spin-axis misalignment of -0. 023 radian 

(-1. 3 degrees)  occurs  during t ransi t  conditions f o r  the  probe bus when the 

magnetometer  sensor  i s  deployed. However, during sequenced smal l  probe 

separat ion and experience deployment before bus en t ry  into Venus, there  

is np principal axis tilt. All separations and deployments occur in the 

longitudinal center-of-gravity plane, eliminating products of inertia. 

Similarly,  for the At las tcentaur  orbi ter  mission,  a l l  experiment 

deployments a r e  in the longitudinal center-of-gravity plane of the space- 

c raf t ,  eliminating principal axis misalignments caused  by sensor  

deployments. 

The m a s s  propert ies  control l imits a r e  imposed by  the spacecraft  

operational considerations. A preliminary principal spin-axis uncer-  

tainty allocation of 0. 0035 radian (0. 20 degree)  for  the o rb i t e r  and probe 

spacecraf t  during probe separation and bus entry i s  cur rent ly  a s s u m e d  

F i g u r e  6-29B summarizes  details relative to  the principal axis 

orientation. 

Optional Orbi ter  Configurations for  Version I11 
@ AIC III 

Science Payload & AIC Ill 
&;c Ill 

A weight summary  comparing the th ree  optional orb i te r  configura- 

t ions relat ive t o  the 36-watt fanbeam, fanscan configuration i s  presented 

in Table 6-17. The net allowable contingency for each  of the  optional 

configurations exceeds the currently estimated contingency requirement 

fac tor  of 13. 2 percent. As mentioned previously, a prel iminary contin- 

gency analysis  (Appendix 6E) was conducted. 



Table 6-17. Atlas/Centaur Optional Orbiter Configuration Weight 
Comparison Summary, Version III Science Payload. 

All the optional configurations a r e  spin-stable and the same mass  

properties control considerations a s  the preferred configuration apply. 

The detailed mass  properties f o r  the optional configurations a r e  sum- 

marized in Appendix 6F. 
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STRUCTURE 
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Extensive use  of existing, flight-proven hardware, particularly 
components derived from the Pioneer 10 and 11 Program 

Compatibility with either the 26- or 64-meter deep space station 
networks 
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Maximum hardware commonality among the orbiter, probe bus. 
and probes to  minimize overall program costs, 

A summary of the major parameters characterizing the preferred 

Atlasfcentaur configuration i s  given in Table 6-18. A block diagram for 

the preferred probe bus spacecraft, depicting the functional relationships 

between the subsystems, experiments, and probes, is  shown in Fig- 

ure 6-30. The equivalent diagram for the orbiter spacecraft i s  given in 

Figure 6-31. More detailed descriptions of the features, characteristics, 

and performance of the preferred configuration (summarized in this sec- 
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Table 6-18. Atlas/Centaur Preferred Configuration Parameter Summary 

0.53 RAD/S. NOMINAL 0.53 RAD/S. NOMINAL 

I.D~TO?.IORAD/S. PROBE 6.2 RAD/S o~sfr INILRT~ON 

ELECTRICAL POWER 

SOLAR POWER [NEAR EARTH) I O O W  (IbL.1 GIGAMETERSI 

smna POWER (NEAR *NUS) 

ORBIT INSERTION MOTOR AEROJET SVM-2 

MAXIMUM THRUST 

DELIVERED IMPULSE 

FREQUENCY 

I .5-M DISH (28 DBI) HORN (15.5 DBI) 

,024 BITS/S - BUS ENTRY M BlTS/S - END OFMISSION 

DhTA HANDLlNG 

8 10 1024 BiTS/S 

DATA STORAGE 1.23 MEGABiTS 

ATTITUDE CONTROL 

POINTING ACCURACY .OIIKAD C i OEG) 

ATTiTUDE DETERMINATION 
DOPPLER MODULAlION/SHIFT 

Electrical Power 

A 0.393-radian(22.5-degree) conical solar  a r r ay  was selected to 

provide a relatively constant power output with varying sun aspect angles 

(see Figure 6-32) over the forward hemisphere of the spacecraft for both 

missions. This design concept offers operational flexibility by permitting 

leisurely execution of midcourse maneuvers and the probe release se-  

quence independent of battery capacity. A net weight savings is  realized 

for the probe bus because a smaller (lighter weight) battery is  adequate, 

and because the conical a r ray  allows solar heating of the large probe, 

eliminating the need for heaters and attendant increased solar a r ray  area.  

A small weight penalty is  incurred for the orbiter because of the taller 

array,  but this is more than compensated for by the high-gain antenna 

weight savings associated with an earth-pointer. 
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Figure 6-32 Conical Solar Array Characteristics , , 

A silver-zinc (Ag-Zn) battery is  recommended for the probe"bus 

because of its superior energy density characteristic and the limited dis- 

charge requirements (pr,incipally launch loads) of the probe mission. 

' .  
Moreover, the proposed battery cells a r e  identical to those recommended 

for use in the small probe batteries, thereby maximizing commonality. 

In addition to  launch loads, the battery requirements for the orbiter 

mission include supporting spacecraft loads during periodic solar eclipses 

during the orbit phase of the mission. Nickel-cadmium (Ni-Cd) batteries 

, ' a re  characterized by predictable cycle: life at high depths'of discharge, 

low cost, and flight-proven experience. Coupled with the relaxed Pioneer 

Venus magnetic requirements (compared to Pioneers 10 and I l ) ,  a Ni-Cd 

battery was selected for the orbiter. . " 

Power control i s  achieved using the bus voltage control technique 

proven on Pioneers 10 and 11. The power control -it (PCU), inverters, 

and central transformer-rectifier-filter assemblies derived from Pioneers 

10 and i t  provide the most cost-effective implementation. Modest modi- 

fications, including battery chargeldischarge controls, bus filter/ 

telemetry/command slices, and adaptation to 28 VDC input, a r e  required 

to adapt the existing designs to the Pioneer Venus requirements. A 
detailed discussion of these modifications i s  provided in Section 8. 1.4.4. 

Communications 

The probe bus achieves near-spherical uplink and downlink coverage 

throughout launch, cruise, and midcwrse  maneuvers via forward and aft 

log conical spiral antennas. The aft horn antenna i s  used during the latter 



portion of the cruise phase when the bus is earth-pointing and also during 

atmosphere entry where greater link gain is required to accommodate the 

high doppler and doppler rates.  Figure 6-33 depicts the approximate 

antenna pattern coverage provided by this antenna arrangement. 

Figure 6-33. Probe Bur Antenna Panern Coverage 

Standby redundant solid-state power amplifiers, coupled to the 

appropriate antenna, provide sufficient downlink effective isotropic 

radiated power (EIRP) to support routine tracking and telemetry data 

acquisition operations with the 26-meter deep space station antenna. 

Cross-strapped receivers and transmitter drivers provide reliable 

two-way coherent doppler for precision tracking, incorporating the fail- 

safe provisions of the Pioneer 10 and 11 design. The residual units (proto- 

types, spare, qualification) from the Pioneer 10 and 1 i Program offer a 

considerable cost savings to  Pioneer Venus, i f  made available, and a re  



compatible with the probe bus configuration; the orbiter requires an X-band 

coherent drive output, not available on the existing receiver. The Viking 

transponder is  a qualified assembly which closely matches the require- 

ments for this application and is our orbiter baseline selection as  well as  

for the probe bus if Pioneer 10 and i i  equipment i s  not made available. 

Maximum commonality is  achieved by equipping the probes with the same 

transponder (small probes use driver only). 

In addition to the three antennas discussed above for the probe bus. 

the preferred orbiter configuration includes a 1.5-meter dish to provide 

high-rate telemetry data at  extended ranges and an X-band horn for use 

with the occultation experiment. The S-band horn is  used for all TT&C 

operations when the spacecraft aft end i s  facing earth (approximately 

L + 108 days to  L f 237 days) and supports the dual-frequency occultation 

experiment. Communications during the orbit insertion maneuver use the 

forward omni in conjunction with the 64-meter ground station antenna. 

Figure 6-34 illustrates the approximate antenna pattern coverage afforded 

by this antenna complement. 

The remainder of the communication subsystem configuration is 

identical to  that recommended for the probe bus with the exception of the 

switching/diplexing network required to  interconnect the additional S-band 

antenna. 

The six-watt power amplifier, coupled with the i. 5-meter dish, pro- 

vides adequate downlink EIRP to support a data rate of 64 bits/s  at  the 

maximum range L254.32 gigameters (1.7 AU)] with a 26-meter deep space 

station. This rate permits reading out all the stored data within a period 

of 10 hours. Figure 6-35 graphically depicts the telemetry rate capability 

overlayed on a plot of the orbiter mission trajectory. 

Data Handling and Command 

The Pioneer 10 and 11 digital telemetry unit (DTU) has been selected 

for  both the probe bus and orbiter applications because it fulfills or sur -  

passes the Pioneer Venus requirements with minor modifications. These 

modifications are  summarized as  follows: 

Incorporation of a two-level modulation output (selectable by 
'ground command) to permit downlink modulation index 

optimization 
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Figure 6-U. 0It)iter Antenna Pattern Coverage 

Reduction of lowest available bit rate from 16 to 8 bits/s 

Provision for 10-bit resolution for A/D conversion of analog 
scientific housekeeping data 

Increase frame length from 192 to 768 bits18 

Accommodation of analog inputs in the main f rame 

Increase number of science formats from two to four. 

Storage of instrument data i s  required only on the orbiter. The 

selected C-MOS solid-state memory, with a capacity of 1.23 million bits, 

is  comprised of five data storage units (DSU), each containing two modules 

of 122 880 bits each. The storage capability is required throughout the 

orbit phase of the mission to  store data for delayed transmission when the 
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Figure 6-35. Heliocentric Plan Viewol  Pioneer Venus O h i t e r  Tralectory Showing Telemetly Bit Rate Capability 

spacecraft i s  occulted by Venus and to buffer scientific data acquired at  

ra tes  exceeding the prevailing telemetry capability. This in-line function, 

therefore, requires redundancy. In the event of a DSU failure the system 

can be reconfigured, by ground command, to access the desired input/ 

output data. Conventional types of data storage do not permit the input/ 

output flexibility offered by this design concept. 

The command memory function, providing the spacecraft with the 

capability for storing commands for execution at  a later  time, has been 

expanded from that provided in Pioneers 10 and 11. The command memory 

in the command distribution unit (CDU) has been increased from five stored 

commands and their associated time delays to  a dual system with a capacity 

of 16 commands. Moreover, the resolution of each incremented time 



delay has been significantly increased. The proposed design has 2 seconds 

uncertainty after an elapsed period of 36 hours, well in excess of the 

10-second accuracy required to satisfy orbit insertion timing precision. 

This discrete command storage feature simplifies and increases 

flexibility of other ground operating procedures such as  the probe release 

sequence and instrument operating mode sequencing during routing orbiter 

data acquisition. 

Attitude Determination and Control 

The preferred attitude determination and control subsystem (ADCS) 

configuration uses equipment developed for the Pioneer 10 and t i  and 

Intelsat I11 programs, with minimum modifications. The Pioneer 10 and 11 

control electronics assembly (CEA) is directly applicable to al l  Pioneer 

Venus mission functions and centralizes al l  ADCS subsystem interfaces, 

thus providing maximum commonality with other subsystems and com- 

ponents derived from Pioneer designs. Modifications required include 

1) the deletion of s ta r  sensor logic, and 2) the addition of sun sensor elec- 

tronics, stored command capabilities, and drivers fo r  additional thrusters.  

Attitude determination for  both missions is  obtained via a combina- 

tion of earth aspect angle and sun aspect angle measurement. A third mea- 

surement provides roll  reference. The Intelsat I11 sun sensor i s  recom- 

mended to  provide both a roll reference and a measurement of the sun-spin 

axis aspect angle. The only required modification to this unit i s  a change 

to a V-type slit geometry, accomplished by a simple change in the mask 

used. 

SPIN The doppler modulation1 
AXIS 

shift method, successfully used 

I I \ on Pioneers 10 and 11, i s  the 

preferred method for probe bus 

earth aspect angle estimation. 

AFT 
OMNI 

Figure 6-36 illustrates the con- 

cept. The earth aspect angle 

can be determined from changes 
ro ~ n i w  to the signal frequency induced 

Figure 6-M. Doppler McdulationlShilt Tehcnique lor Attitude  termination by an offset antenna on the 

spinning spacecraft. Attitude 

6-68 



determination accuracy is  a function of sun-spacecraft-earth geometry, 

since uniqueness is lost when the sun and earth vectors coincide. Fo r  the 

probe mission, the sun-spacecraft-earth geometry allows attitude deter- 

mination to accuracies well within requirements for  all critical events. 

Periodic attitude adjustments to maintain illumination of the earth with the 

horn antenna may be performed using open-loop precession maneuvers. 

~h~ orbiter attitude determination i s  obtained by a combination of the 

doppler modulationfshift method and the conscan concept used on Pioneers 

1 0  and 11. The latter i s  based on the 

amplitude modulation of the uplink R E  

signal produced by a pointing e r ro r  

when the antenna boresight is  tilted 

with respect to the spin axis. A por- 

tion of the antenna pattern is  empha- 

AXIS 
sized in Figure 6-37  to represent the 

EARTH 
range of antenna gain swept through 

~igure6-37. ConscanMethcd lor Attitude Determination during a spin cycle as  a consequence 

of the pointing error ,  a . Conscan 
e 

provides a simple space-proven technique for determining and maintaining 

accurate earth pointing and is far  less  complex (and costly) than a star  

mapper. 

The principal advantages of the conscan approach are  its good atti- 

tude determination accuracy and the operational simplicity attained when 

it i s  used for automatic earth-pointing precession maneuvers. Its applica- 

tion to the probe bus, however, i s  not justified for  the modest accuracy 

improvement obtainable. 

Propulsion 

The propulsion subsystem consists of the reaction control system 

(RCS) and the orbit insertion motor (orbiter only). The minimal cost 

approach emphasizes use of existing hardware which has been previously 

qualified to levels exceeding Pioneer Venus mission requirements. No 

development costs and only minimal testing a r e  required. 

The RCS uses a monopropellant hydrazine blowdown pressurization 

scheme similar to Pioneers 10 and 11. Hydrazine propellant i s  the logical 

choice since other systems require excessive electrical power (heated 



ammonia) o r  a r e  f a r  too heavy (cold nitrogen) for the required mission 

specific impulse. The blowdown system i s  the lightest. most reliable, 

and least costly system. Three propellant tanks derived from the DSCS-I1 

Program a re  cost-effective contenders suitable for both missions while 

providing some margin for growth. Blowdown pressurization and cen- 

trifugal force for propellant positioning and expulsion eliminate the need 

for a bladder and the associated r,egulators and pressurization components. 

Common pressurant and propellant lines ensure equal propellant in the 

three tanks to maintain spacecraft balance. 

Eight thrusters (four axial for large AV's) a r e  proposed to ensure 

mission success in the event of a single thruster  failure and to  avoid 

coning angle amplification during AV maneuvers. The selected thruster 

i s  being developed for the FLTSATCOM Program from a dual, isotope- 

heated unit used on Pioneers 10 and 11. The only modifications a r e  the 

mechanical coupling of the valve and decomposition chamber and the 

removal of the isotope heating elements. Moreover, hydrazine thruster 

impulse repeatability, following initial calibration, is  proven' and accu- 

rate (<3 percent). 

The recommended orbit insertion motor is  the Aerojet solid- 

propellant SVM-2 which has been previously used on the Intelsat I11 Pro-  

gram. A 10 percent off-loading of the design propellant load meets the 

Pioneer Venus deboost requirements without redesign, requalification, or 

other critical limitations. This selection affords a more reliable, less 

expensive, although somewhat heavier, system approach than can be 

obtained from existing bipropellant systems such as  ESRO Symphonie or 

Mariner '71. 

Thermal Control 

The major thermal control subsystem features include a developed 

louver assembly, passive thermal coatings, and multilayer insulation 

blankets to maintain components within temperature ranges to which they 

have previously been qualified. The equipment compartment is  insulated 

from the extreme heat influx with aluminized mylar and kapton blankets. 

Adequate warmth i s  provided by dissipation of electrical power by elec- 

tronic components within the compartment; louvers regulate the release of 

this heat below the mounting-platform, maintaining temperatures in the 

vicinity of the spacecraft equipment and scientific instruments within 

operating limits. 6-70 



Dual thermostatically controlled heaters for the thruster valves and 

catalytic beds, with backup ground commands, prevent the hydrazine from 
0 0 

freezing. The equipment compartment is maintained above 3 C (40 F) to 

eliminate propellant line and tank heaters. 

The probe bus solar  aspect angle i s  controlled to maintain accept- 

able temperatures on the large probe, thereby avoiding the need for a 

probe heater and controls, jettisonable cover, or both, with the attendant 

impact on weight, power, and dynamics. With this approach, the internal 

probe temperature exceeds 1 5 O ~  ( ~ o O F ) ,  the desirable lower battery 

operating temperature at the time of probe release. Insulated jettisonable 

panels around each of the small probes maintain acceptable probe tempera 

tures during transit.  

Aluminized kapton insulation i s  used in the orbiter to maintain 

acceptable solid rocket motor compartment temperatures during transit. 

A jettisonable insulated motor nozzle cap keeps the motor within acceptable 

temperatures before firing. 

Electrical Distribution and Grounding 

F i g u r e s  6-38  and 6-39 show the electrical distribution diagrams for 

the probe bus and the orbiter, respectively. The system uses fuses 

between the power source and loads for primary DC power fault isolation. 

Secondary DC power fault isolation is  achieved using current limiting 

(150 percent of nominal load) on the DC outputs of the CTRF, a s  was done 

on Pioneers 10 and i 1. 

Equipment Derivation/Status 

Table 6-19 summarizes the equipment complement (unit level) for 

the probe bus and orbiter spacecraft. The subsystem elements a r e  identi- 

fied by the categories of 1) flight-proven, 2 )  developed, or 3) new. Their 

previous program derivation is  also given. 

Two significant factors are  noted. F i r s t ,  extensive commonality 

between probe bus and orbiter equipment i s  achieved, a s  evidenced by the 

multiple entries i n  the applications column. Secondly, the majority of 

equipment is  flight-proven and requires only minor modifications for the 

Pioneer Venus Program. Equally important is  the fact that the 1.5-meter 

dish, silver-zinc battery, and data storage unit, while identified a s  new 

designs, a r e  all based on technology well within the present state of the 

art .  
6-71 
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Figure 6-38. RllaslCentaur Probe Bus Electrlcai Distribution DiaJram 
a 
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Table 6-19. 

COMMUNICATIONS 

IRANSPONDEH (RECEIVER-DRIVER) 

1 TRANSPONDER (RECEIVER-DRIVER) 

p o w m  AMPLIFIER POLID STATE) 

DIPLEXER 

TRANSFER SWITCH 

HYBRID COUPLER 

I .%METER OiSH 

S-BAND MEDIUM-GAIN HORN 

FORWARD OMNl 

X-BAND HORN (OCCULTATION 
EXPERIMENT) 

DATA HANDLING 

DIGITAL TELEMETRY UNIT 

DATA STOKAGE UNlT I 
COMM/\ND 

* I  = FLIGHT-PROVEN; 2 - OfVELOPID, 3 = NEI 

Equipment Derivationfstatus, Preferred 
Atlas /Centaur Configuration 

PHILCO-FORD : I  VIKING, SKYNET INCLUDECONKAN AGC MiNOR 
INTEKIACE MODIF ICAT~O~S 

PIONEIRS I0  AND 11 NONE 

x MICROWAVE 
SEMCONDUCTOR CORP. 

M001FICAilONS REQUIRED 
\TION 

MANUFACTURER 
ORBITER 

WIIYECOM 

x lELEDYNE 

x ANAREN 

TRW 

STATUS' 

2 COMMERCIAL 
APPLICATIONS 

PREVIOUS USAGE 

3 NONE 

I PIONEERS I 0  AND I l 

I PIONEERS 10 AND I I 

3 NONE 

I 

I 

2 

NONE 

NONE 

SCALE FROM EXISTING L-BAND 
TO I-BAND 

NOT APPLICABLE 

NONE 

NONE 

NOT APPLICABLE 

PIONEERS I0 AND 11 

PIONEERS 10AND I 1  

NONE 

I lNoNE NEW DEVELOPMENT USlNG EXiST- 

I PIONEERS 10 AND I 1  

x 

INCREASE MAlN F R W P  LENGTH; 
INCREASE a/D QUANTIZATlON; 
RFDUCE LOWEST B I T  RATE FROM 16 
TO 8 BITS/S; PROVIDE GROUND- 
COMMANDED TWO-LEVEL MODU- 
LATION INDEX CONTROL 

TRW 

MODIFICATIONS REQUIRED 

AUGMENT ORDNANCE VIRINGCIR- 
CUITS; INCREASECOMMAND 
STORAGE CAPABILITY; ADD ORB!, 
lNSERTlON MOTOR FIRING LOGIC 

SIX-BLADE IISSIMBLY, NONE; 
FOUR-BLADE ASSEMBLY, LOWER 
ASSEMBLY SHORTENED 

DESIGNED FOR SPECIFIC APPLICA- 
TION 

NONE 

SIMILAR TO DEFENSE SUPPORT 
PROGRAM WiTH DIFFERENTCONE 
ANGLE 

N W  DESIGN BASED O N  DEFENSE 
SUPPORT PROGRAM AND OKs- l l  
Ni-Cd TECHNOLOGY 

4-2, NEW DESIGN; s m c  CELLS 
AS FOR PROBES 

REDESIGN CHARGEDIKHARGE 
CONTROLS; MODIFY BUSFILTER/ 
TELEMETRY/COMMAND SLICES 

NONE 

MODIFY FOR 28 VDC INPUT; ADD 
REDUNDANT OXILLATOR 

DELETE RECEIVER AND DRIVER 
SLICES ADD DSU SLICE FOR ORBllLR 
ONLY: DELETE CONKAN PROCES- 
FOR O N  PROBE BUS ONLY 

PREVIOUS USAGE 

PIONEERS IOAND 11 

HELIOS 

PIONEERS IOAND 11 

PROGRAM I69 

DEFENSE SUPPORT 
PROGRAM 

DEFENSE SUPPORT 
PROGRAM, DKS-l l  , 

MMC IRAQ 

PIONEERS IOAND 11 

PIONEERS IOAND I 1  

PIONEERS I0  AND I I 

PIONEERS I0  AND I I 

I 

SUBSYSTEM/COMPONENT 

COMMAND DISTRlBUTlON UNlT 

THERMAL - 
LOUVERS 

INSULATION 

HEATERS 

ELECTRICAL POWER 

SOLAR ARRAY 

BATTERY 

BATTERY 

POWER CONTROL UNlT 

MANUFACTURER 

TRW 

TRW 

TRW 

ELECTRO-FILM 

TRW 

TRW 

EAGLE PKHW 

TRW 

THERMAL SYSTEM INC. 

TUW 

TRW 

APPLICATION 

ORBITER 

x 

PIONEERS IOAND I 1  

STATUS' 

I 

2 

2 

I 

2 

2 

3 

2 

I 

2 

2 

I : SHUNT RADIATOR 

INVERTER 

TRANSFORMER-RECTIFIER-FILrEK 

L . - . -~ . .  . . .~ ~ ~~~. ~ 

NONE 



Table  6-1 9. Equipment Derivation/Status, P r e f e r r e d  
AtlasICentaur  Configuration (Continued) 

PROPULSION 

iUOPELLANT TANKS 1. 
THRUSTERS 
WESSURE TPANSOLTER 

TEMERATURE TRANSDUCER 

ROCKET MOTOR (ORBITER ONLY) 

ATTITUDE CONTROL 

CONTROL ELECTRONICS 
ASSEWLY 

SUN ASPECT SENSOR I - 

RAM PLATFORM DRIVE I 
STRUCTURE AND MKHANISMS 

STRUCTURE 
NUTATION DMPER 

MAGNETOMETER BOOM 
RELEASE MECHANISMS 

BALL LOCK MECHANISM 

PIN RILLERS 

'I = FLIGHT-PROVEN; 2 =DEVELOPED; 3 = NP 

x 

x 

x 

x 

STATUS1[ PREVIOUS USAGE I MODIF1CATIONS REQUIRED 

AlELLXE SYSTEMS INC. 

RW 
STAM*M INSTRUMENTS 

IOSEMONT ENGINEERIN( 

AEKOJET SVM-2 

x 

x 

r 

x 

r 

x 

r 

P W  

RW 

TRN 

TRW 

T W  

TRW 
CELEYO 

I PIONEERS I0 AND I1 STELLAR REFERENCE ASSEMBLY 
LOGlC DELETED; ADD REDUNDANT 

I 
SUN SENSOR LOGIC; ADD VALVE 
DRIVER LOGIC; ADD M A L L  FROBE 
RELEASE LOGIC 

I 

I 

I 

I 

I INTELSAT I l l  MODIFY MASK FIELD OF VIEW FOR 
lMfflOVEO ASPKT AND ROLL 
ACCURACY 

DYS-11 

FLTSATCOM 
PIONEERS I 0  AND l i  

PIONEERS 10 AND I1 

INTELSAT Ill 

DELETE BLADDER; MODIFY MOUNT- 
ING MRANGEMENT 

NONE 
NONE 

NONE 

10.2 PERCENT OFF-LOADING 

I 

2 

3 

3 
3 

6.2.2 ThorfDel ta  Configurations $) TID Ill & TID Ill 

6.2.2. i Mechanical Design Concept @. TID 111 &Y,~  &ID 111 

The mechanical  des ign  concept for  the spacecraf t  described in 

Section 6.2. 1. 1 f o r  the A t l a s f cen tau r  a l so  applies to  the Thor/Del ta ,  

except that the p r imary  s t ruc tu re  is defined by the accelerations a t t h i r d -  

s tage  burnout. 

PIONEERS 10 AND i l  

FLTSATCOM 

1 

I 

An exploded view of the  ThorfDel ta  probe bus spacecraf t  i s  shown 

i n  F igu re  6-40. F igure  6-41 i l lus t ra tes  the  s implic i ty  and commonality 

of the s t ruc tu ra l  design. 

IDENTICALTO PIONEERS 10 AND l l  
CONICAN PROCESSOR EXCEPT C O h  
FIGURE TO ISSUE FIRING PULSES 
EVERY TWO SPACECRAFT REVOLU- 
TIONS (JUMPER WIRE CHANGE) 

DELETE SLIP RINGS 

NEW 

NEW 

NEW 

Mass  proper t ies  of t h e  spacecraf t  a r e  tabulated i n  Section 6.2.2.3.  

EXISTING SPACECRAFT CONCEPlS 

SIMILAR TO METEOSAT DESIGN 

BASED ON VIKING BOOM DESIGN 

MINUTEMAN 
PROGRAh' 

PIONEERS 10 AND I 1  

6.2.2.2 Dynamics and Attitude Control 

The dynamics dis turbances  t o  the att i tude control  system f o r  the  

ThorIDel ta  configuration a r e  s imi l a r  t o  those descr ibed in  Section 6.2. i.  2 

for  the  AtlasICentaur  configuration. 

NONE 

NONE 



Figure 6-40. Explodedview of ThorlDelta Probe Bus Spacecraft 

. , 

As discussed in Section 6.2. i . 2 ,  thrust-level differential produces , 
' .  

a body-fixed transverse torque o n  the spacecraft that causes the.space- 

craft spin axis to  cone in inertial space. Figures 6-42 and 6-43 illustrate 

this. 
, . 

Thedynamic disturbances for the ThorIDelta probe bus and orbiter 

a r e  shown in Tables 6-20 and 6-21. 

6.2.2.3 Mass Propert ies 

Weight and mass  properties estimates a r e  summarized in this 

section for the preferred ThorIDelta probe and orbiter spacecraft con- 

figurations and the three optional orbiter configurations as described in 

Sections 5.2.3 and 5.2.4. 



PROBE COMMON ORBITER 

Flgure 641 Slmpllclty and Commonality d Structural Derlgn 



Figure 6-42. Exampleof Angle of Attack Trace in inertiai Space 
(IhorlDelta Probe, F in1  Midwurse Maneuverl 

ANGLE 
!DEG) ! U D )  

I 

TIME (SECONDS) 

Figure 6-43. txamples of Amplitudes of Angle 01 Attack. Nulatlon Angle. 
and Momentum Vedor Attitude Venus Time (ThorlDelta 
Prcbe. First Midwurse Maneuver) 

Presented a r e  mass properties requirements, weight summaries, 

detailed weight breakdowns, mass  properties estimates for various flight 

conditions, and the coordinate reference axes and notation systems used 

in the mass  properties analyses. Details of the large and small  probe 

weights and mass  properties used in this section a r e  presented in Sec- 

tion 6. 1.2.3. 



Table  6-20. Thor/Del ta  P robe  Dynamic Disturbances 

ASSUMES O.xl3 nAD/S (4.8 RPM1 SPIN RATE FOR ALL CASES 

( I )  USING PAIR OF AXIAL THRUSTER5 WITH 'MILLIRADIAN MISALIGNMENI 

(2) USING PAIR OF SPiN THRUSTERS 

Table 6-21. ThorlDel ta  Orb i t e r  Dynamic Disturbances 

THRUST SPIN-RATt ANGLE-OF- MOMENTUM VELOCllY VELOCITY NUT~TION 
EVENT ATTACK D1r;y:FN DEGRADATION ANGLE 

ERROR SHIFT 
IRAO (DtG), f X A D  (DEG) I ( K A 0  (0EG)l ) (MiS1 (DEG) 

(01 151 0.035 
(21 

VELOCITY 

D's2$2r 
'KAD (DEG11 

0.007 
(0.41 

0.OM 
10.25) 

0.004 
10.251 

LARGE 

0.005 
10.31 

0 . W  
(0.25) 

0.035 
12) 

0.045 
12.51 

0.045 
12.21 

0.0% 
10.5) 

MOMENTUM 
vECToK 

SHIFT 
iRAD (OEGI. 

0.038 
12.21 

0.014 
(0.81 

0 . w  
(0.51 

0.009 
(0.51 

2 . U  
(1401 

0.010 
10.61 

0.m 
10.51 

0.070 
(41 

0.087 
El 

0.075 
(4.3) 

0.017 
(1) 

Requirements  

DEGKAOAIION 
(ws) 

~. - - 

0.1 

0.004 

0.001 

0 . M I  

0 . W  

0.W8 

SPIN-RATt 
CHANGE 

iRPM)I 

10) 

i 1 .M7 
i i I 01  

10.010 
li0.11 

*0.030 
b0.31 

i0.205 
(+I .41 

10.010 
(io.11 

10.042 
60.41 

10.073 
(10.71 

10.063 
( t0.U 

i0.230 
ii2.21 

1 0 . 2 B  
( i 2 B i  

THRUST 
EACH 

I N  (LB11 

5.2 
11.171 

3 . 1  
10.71 

.3 . I  
10.71 

-3.1 
10.71 

-3.1 
10.71 

.-I. I 
(0.71 

-3.1 
10.71 

-3.1 
10.71 

-3.1 
10.71 

3.1 
10. 71 

EVENT 

SEPARATION FROM 
BOOSTER 

FIRST MIDCOURSE (11 

IECONDMIKOURSE I11 

THlKUMIUOURSE (I1 

(21 

FIRST RETARGETING 11) 

(21 

SECOND RETARGEllNG 01  

THiRD RETARGETING ( I )  

121 

FOURTHRETARGETING (I1 - 

The probe and o rb i t e r  spacecraf t  m a s s  proper t ies  requi rements  

imposed by  launch vehicle and mission considerations a r e  summar ized  in  

Table  6-22. 

2 

ON 
ANGLE 
lDkG1 
- -- 

0.031 
(1  8 1  

0.065 
(3.7) 

0.038 
12.21 

0.m8 
(2.21 

OOm 
(0.2) 

O.OI2 
10.71 

O.OW07 
1ao041 

0.140 
(81 

0.070 
14) 

NEGLIGIBLE 

0.021 
11.21 

ANGLE-OF- 

illl\:7%1t 

0.077 
14.41 

0.035 
12.01 

0.045 
12.61 

2.413 
11401 

0.023 
0 .3 )  

0 . W  
10.51 

0.209 
(121 

0.110 
IB1 

0.075 
(4.31 

0.038 
(2.21 

dV 
lMiS1 

0.2 

73 

7 

2 

2 

1.02 

1.02 

7.32 

6.N 

6.34 

26.55 

5ICOND MIDCOURSE i 0. I26 1 1 7 I 2 ,  

ASSUMES I M / S  RELATIVE VELOCITY AT SEPARATION 

OTHER ASSUMPTIONS: 9 MILLIRADIAN THRUSTER MISALIGNMENT 

i 4 PERCENT THRUST-LEVEL UNCERTAINTY FOR E K H  THRUSTER 

0.524 RADjS (5 RPMI SPIN RATE OURlNG MIDCOURSE AND PLRIAPSIS TRIM MANEUVLRS 

6.28? KADii lhOKPM1 SPIN RATE DURING DEBOOST (VENUS ORBIT INSERTION) 

0.051 
12.91 

0 0 5 i  
(2.91 

0.154 
(8.8) 

0.037 
(2.11 

THIRD MIUOURSE 

DEBOOST 

PLKIAPSIS TKlMnV (TOTAL) 

0.014 
(0.8) 

0.014 
10.81 

0.M2 
(2.4) 

0.010 
(0.6) 

10.037 
(10.351 

0 
(0) 

10.524 
( i s1  

-3.1 
(-0.71 

2 8 5 m  I IMWI  

0.007 0 W4 0.037 
(0.4) (2.11 

0.001 I 0.00 1 0.037 

43.8 

(0.4) 

0.021 
0.21 

0.005 
(0.31 

-3.1 
t-0.71 

10.5%1 

0.013 

12.11 

0.112 
(6.4) 

0.026 
0.5) 



Table 6-22. ThorIDelta Spacecraft Mass Properties Requirements, 
Version I11 Science Payload 

.Dli~-6168;, ,-DELTA SPACECRAFT DESIGN RESIRAINTS,llOCTOBER 1768. REVISED AUGUST 1972. 

PROPERTY 

SPACKRAFT WEIGHT AFTER SEPARATION 

LONGITUDINAL CENTER-OF-GRAVITY LIMITA- 
TION (DISTANCE OF SPACECRMTCENTEROF 
GRAVITY FORWWD OF THE SPACECRAFT/ 
THIRD-STAGE SEPARATION PLANE) 

RADIAL CENTER-OF-GRAVITY OFFSET FROM 
SPACECRAFTCENTERLINE DURING LAUNCH 
CONDITIONS 

INERTIA RATIO EATlO OF SPiN TO TRANS- 
VERSE INERTIAS FOR LONG-DURATION 
SPIN-ITABILITY CONSIDERATIONS1 

SPACECRAFT PRINCIPAL SPIN AXIS PARALLEL 
TO SPKECRAFT LONGITUDINALCENTERLINE 
DURING LAUNCH CONDlTlONS 

PRINCIPAI SPIN AXIS I N  THE XY AND XZ 
PLANE PARALLEL TO THE X-AXIS 

The static and dynamic balance constraints a r e  based on the speci- 

fication requirements stipulated in Appendix C of the Phase B REP. 

Launch vehicle considerations impose requirements on the radial center- 

REQUIREMENT , 

WIOBE SPACECRAFT ORBITER SPACECRAFT 

of-gravity offset and principal spin-axis orientation which a re  much tighter 

383.1 KG (849.0 101 MIVII- 
MUM (WPE I TRAJECTORY) 

than the constraints currently specified by the launch vehicle supplier, as  

noted in the table. 

272.6 KG (645.0 LB) M M I -  
MUM (NPE I1 TRAJECTORY ., 

Preferred 36-Watt Fanbeam, Fanscan 
Spacecraft Configuration &;ID III 

The detailed weight breakdowns for the preferred probe and orbiter 

spacecraft configurations a r e  presented in Figure 6-44A. The contingency 

margins, i. e. ,  the net weight remaining for contingency provision) for the 

probe and orbiter a r e  24.8 kg (54.8 lb) and 10.0 kg (22.1 lb), respectively. 

c863.6MM (24.0 IN.) BASED O N  A 
408.2 KG (PW LB) SPKECRAFT 

r0.381 MM (0.013 IN.) PER PHASE 8 RFP SPECIFICATIONS. 
NOTE:. PER DELTA RE~RAINTS DOCUMENT, THE STATIC BALANCE 
PIWlREMENT SPECIFIES ALLOWABLE OFFSET OF s 1.27 MM 
(0.050 IN.) 

As a percentage of dry  spacecraft weight, this represents a contingency 

factor of 7.3 percent for the probe and 5.5 percent for the orbiter. 

Because preliminary contingency analyses, Appendix 6E, show an esti- 

mated 11.8 percent for the probe and 10.2 percent for the orbiter, both 

.1.10 

configurations present a weight problem. A weight reduction program 

>1.10 

could increase the contingency margin, but this sacrifices low cost con- 

siderations. Detailed weightfcost tradeoffs a r e  discussed in Section 12. 

-:0.002 RADIAN. PER PHASE B RFP SPECIFICATIONS. , . 
NOTE:" PER DELTA DESIGN RESTRAINTS DKUMENT, THE 
m I C  BALANCE REQUIRMENT SPECIFIES ALLOWABLE 
PRINCIPAL SPIN-MIS OFFSET OF 0.020 RADIAN 

rO.W35 RADIAN 1<).20 DEGREE) -0.0031 RADIAN i9.a DEGREE1 
(PRELIMINARY ALLOCATION1 
DURING PROBE SEPARATION. 
AND BUS REENTRY 

(PRELIMINMY &LLOCATION) 
DMING VENUS ORBIT 
OPERATIONS - 



Spacecraft mass  properties characteristics for various flight con- 

ditions, summarized in Figure 6-44B, are  based on coordinate reference 

axes and notation systems, Figure 6-44C. For long-duration spin-stability 

considerations, the inertia ratios (the ratio of spin to transverse inertias) 

a r e  >I. 10 for all conditions after booster separation. During third-stage 

TE364-4 burn conditions, the inertia ratio is  <1.0 and is  acceptable based 

on a short-duration spin-stability criteria. 

The inertia parameters ( X )  for the probe spacecraft before probe 

separation range in value between 0.15 and 0.19, and during and after 

probe separation between 0.6 1 and 0.77. A fine-tuned damper and a 

coarse-tuned damper satisfy the dynamic requirements during these two 

periods. For the orbiter spacecraft the inertia parameters range in value 

between 0.25 and 0.31. A single damper i s  used in this configuration. 

To minimize principal spin-axis misalignment of the probe space- 

craft during periods of asymmetric separation of the three small probes 

and the deployment of the science sensors before Venus entry, all expend- 

ables, deployables, and separable elements a r e  located in the composite 

longitudinal center-of-gravity plane of the spacecraft bus (i .e. ,  in the 

longitudinal center-of-gravity plane of the spacecraft l ess  the large probe). 

Radial shift of the spin axis occurs during these periods; however, the 

spin axis remains parallel to the longitudinal reference axis since products 

of inertia are  not induced in the XY and XZ planes, 

A principal spin-axis misalignment condition exists, however, dur- 

ing transit conditions (before large probe separation) when the magnetom- 

eter  sensor is  deployed. Since the longitudinal center-of-gravity plane of 

the spacecraft (with large probe) is displaced from the bus center-of- 

gravity plane where the magnetometer is located, products of inertia are  

induced when the magnetometer is deployed. The spin-axis misalignment 

is  0.030 radian (-1.7 degrees) during this condition. Should this tilt in 

the spin axis be unacceptable during certain transit periods (e. g . ,  during 

midcourse maneuvers), the magnetometer sensor can be retracted to the 

stowed condition to alleviate the misalignment. Figure 6-44B summa- 

r izes details relative to principal axis orientation. 



A DETAILED WEIGHT SUMMARY 

I DESCRIPTION DESCRIPTION 

ELECTRICAL POWER 

SOLAR ARRAY ASSEMBLY (SIX PANELS) 

BATTERY 

POWER CONTROL UNIT INCLUDING SHUNTS 

DC-DC CONVERTER 

COMMUNICATIONS 

CONSCAN FROCESSOR 

RECEIVERS (21 

1RANSMlTTER DRNERS (2) 
VOWER AMPLIFIERS (21 

W T  

HYBRIDS (1/5J 

DIPLEXERS (2) 

WlKHES (4/Sl 
FORWARD OMNl 

AFT OMNl 

MEDIUM GAlN ANTENNA 

FAN-BEAM ANTENNA 

FANICAN ANTENNA 
RF COAX AND CONNECTORS 

ELECTRICAL DISTRIBUTION 

COMMAND DISTRIBUTION UNIT 

HARNESS AND CONNKTORS 

DATA HANDLING 

. DIGITAL TELEMETRY UNIT 

DIGITAL DECODER UNIT (2) 

DATA STORAGE UNIT 01 

ATTITUDE CONTROL 

CONTROL ELECTRONICS ASSEMBLY 
SUN SENSOR ASSEMBLY (2) 

PROPULSION (DRY) 
PROPELANT TANK ASSEMBLY (31 

THRUSTW ASSEMBLY (81 

FILTER 
PRESSURE TRANSDUCER 

FILL AND DRAIN VALVE ASSEMBLY 
PROPELLANT LINES AND MISCELLANEOUS 

SOLID INSCRTION MOTOR (BURNOUT) 

THERMALCONTROL 

INSULATION ASSEMBLY 
FWIWARD CLOSURE ASSEMBLY 

SIDE CLOSURE ASSEMBLY 

LOUVER ASSEMBLY (3/6 SOUARE FEEl) 

THERMAL FIN-TRANSMITTER 
HEATERS; ISOLATORS, PAINT, ETC. 

STRUCTURE 

CENTRAL CYLiNDER ASSEM8LY 

UPPER RING 
CYLINDER 

PLATFORM SUPPORT RlNG 

SEPARATION RING 
MOTOR MOUNTING RING 

ATTACH HARDWARE 

STRUCTURE (CONTINUED) 

PLAlFORWCOMVeRTMENT ASSEMBLY 

UPPER STRUTS (15) 
PLATFORM STRUTS (9) 

VERTICALS (9) 

UPPER RlNG ASEMBLY 

PLATFWIM STRUT FITTINGS (9) 

PUTFORM ASSEMBLY 

BRACKETS AND ATTACH HARDWARE 
I 

SOLAR ARRAY SUPPORT ASSEMBLY 1 
UPPER RlNG 

LOWER RlNG 

STRUTS rlsl 

PROBE MlSSlON 
(KG) 118) 

- 15.7 34.7 
6.80 15.0 

1.59 3.5 

4.45 9.8 

2.90 6.4 

9.4 20.8 - ----. ..... 
2.36 5.2 

1.W 2.4 
0.5" 1 .Z 
..... ----- 
0.05 0.1 

1.95 4.3 

I .W 2.4 

0.14 0.3 

0.41 0.7 
0.9, 2.0 
..-.- ----- 
..... ..... 
0.91 2.0 

12.2 - 26.8 - 
3.08 6.8 

9.07 20.0 

3.9 - 8.5 - 
3.m 6.8 

0.77 1.7 
----- .---. 
2.3 - 5.1 - 
1.91 4.2 
0.41 0.9 

6.8 - 14.9 - 
3.13 6.9 

2.18 4.8 

0.18 0.4 

0.18 0.4 

0.18 0.4 

0.91 2.0 

...-. - -.--- - 
- 10.4 

5.81 12.8 

0.U 1.9 

0.41 9.9 

I .n 3.9 

0.M 1.5 

0.91 2.0 

"d.' " 
9.71 21.4 

(2.68) (5.91 

0.451 (5.4) 1 1.311 (9.5) 

..... -.--. 

(0.27) (0.6) 

. . 
PROBE S.PPORI APID iC.EASE MLCvl lh SntS L 

AhIEhhA S,P?oPI A,SEMB., 

WEIGHT 

ORBITER MISSION 
(KG1 (LB) 

421 92.8 - 
15.88 35.0 

I .  38.4 

6.35 14.0 

2.45 5.4 

- 35.0 15.9 - 
0.56 0.8 

2.36 5.2 

l .W 2.4 
-.-.- ..--. 
5.44 12.0 
0.23 0.5 

1.95 4.3 
1.36 3.0 

0.11 0.3 

0.23 0.5 
....- -..-- 
1.13 2.5 

0.45 1.0 

1.13 2.5 

- 12.6 - 27.8 

3.54 7.8 
9.07 20.0 

- 5.7 - 12.5 

3.08 6.8 

0.77 1.7 

1.82 4.0 

2.3 - - 5.1 

I .9I 4.2 

0.41 0.9 

- 6.8 - 14.9 

3.13 6.9 

2.18 4.8 

0.18 0.1 

0.18 0.4 

0.18 0.4 

0.91 2.0 

7.1 - 20.0 - 
- 14.9 - 32.9 

5.44 12.0 

l . W  2.2 

0.41 0.9 

3.54 7.8 

3.65 8.0 

0.91 2.0 

604 - 89.0 

10.25 22.6 

(2.~9) (4.61 

I N.8) 
(0'59J 

13.58) 17.9) 

0.45) 0.21 
(0.36) (0.81 

MAGNETOMETER BOOM ASSEMBLY 

PROPULSION SUPPORT ASSEMBLY 

DbMPER Wll I 

FORWARD OMNl SUPPORT 
AFT OMNI SUPPORT 

EOUIPMENT TIE-DOWN AND INTEGRATION HARDWARE 

BALANCE WEIGHT PROVlSlON 
-----------.-.----.....- . SPACECRAFT BUS LESS SCIENCE (DRY) 
------..---.----..---..- 
SCIENTIFIC INSTRUMENTS 

NEUTRAL MASS SPECTROMETCR 
' ION MASS SPECTROMETER 

ELECTRON TEMPERATURE PROBE 

UV FLUORESCENCE 

MAGNETOMETER 

UV SACTROMETER 
IR RADIOMETER 

RF ALTIMETER 
--------------.-----..-.- 

a SPACECRMT BUS (DRY) 

. . . . -. . . 
FROBE MiSSlON ORBITER MISSION 

(KG) (LB1 (KG1 (La1 

PROBES ~ITHOUTCONTINGLNCY) 222.2 489.8 I LARGE RlOBE 

t SPXECRMT (DRY) 
-.------.-.--------- 

ROPELLANTS AND RESSURANT I 42.8 % 3 
INSERTION PROPELLANT AND EXPENDED INERTS ' . .--.. 84.41 IB6.l 

t HYDRALINE ROPELLANT 19.14 42.2 
NITROGEN PRESSURANT 0.6 0.27 

--------..--------.- 
a SPACECRAFT LESS CONTINGENCY 
.---------------.------. 

I CONTINGENCY (NET ALLOWABLE) 

(PERCENT OF DRY SPKKRAFT WEIGHT) (5.5) -----------.-----.------ 
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@ TID Ill The orbiter spacecraft, a simpler configuration with no separable 

s y I i 3  Ill 
elements, is  complicated by the current deployment method of the altim- 

eter  science antenna (out-of-plane deployment). To meet TE364-4 third- 

stage mass properties requirements and operational spacecraft require- 

ments, the antenna, when deployed, balances the spacecraft statically and 

dynamically. The antenna i s  deployed after second-stage separation and 

before third-stage burn. An alternate method would deploy the antenna in 

the center-of-gravity plane, eliminating products of inertia problems in 

the XY and XZ planes. However, this would require better definition of 

the antenna assembly size and shape for stowing considerations between 

the spacecraft compartment and the shroud.. 

For both the probe and orbiter spacecraft configurations, the launch 

vehicle mass properties requirements were the most stringent. The probe 

configuration posed the most difficult problem; five separate entities (the 

four probes and the bus) had to  be combined to  meet not only the launch 

requirement but also the spacecraft requirements during sequential sepa- 

ration of the probes. A preliminary analysis, Appendix 6G, determined 

the allowable probe and bus mass properties uncertainties necessary for 

launch vehicle performance. Two sets of launch vehicle requirements 

were addressed: requirements per the Phase B REP and per the launch 

vehicle supplier. 

Optional Orbiter Configurations @+ TlD Ill TlD Ill &?ID Ill 

A weight summary comparing the three optional orbiter configura- 

tions relative t o  the preferred configuration is  presented in Table 6-23. 

The net allowable contingency for each of the optional configurations is 

greater than that for the preferred. Only Option i (12-watt fanbeam, 

fanscan) and Option 2 (earth-pointing) configurations provide contingency 

margins in excess of the 10.2 percent contingency factor which is assumed 

required per the preliminary contingency analyses (Appendix 6E).  

All the optional configurations a r e  spin-stable and have the same 

mass properties control considerations as  the preferred configuration. 

The detailed mass  properties for the optional Thor Delta configurations 

a r e  summarized in Appendix 6H. 



Table 6-23. ThorIDelta Optional Orbiter Configuration 
Weight Comparison Summary 

6. 2. 2. 4 Electrical Design Concept $ &:ID Ill 
, . 

The preferred Thor/Delta configuration is  based on Version I11 

scientific instrument requirements. The functional relationships and sub- 

system interconnections a r e  essentially the same a s  for the AtlasICentaur 

configuration (earth-p&inting) described in Section 6. 2. 1. 4, except for the 

selection of antennas for an orbiter spacecraft which has the spin axis 

oriented normal to the ecliptic plane. Moreover, the stringent weight and 

volume constraints imposed by the limited payload capability of this launch 

vehicle necessitated consideration of lighter, but possibly more costly, 

designs. . . . .  . 

. . .  4 . .  ' 

~ i ~ u ; e  6-45 shdws a functional block diagram for the probe bus. 
, . . .  

A comparable drawing is given in Figure 6-46for the orbiter.  he major 
. . 

deviatibris in electrical ha;dware impl&n&atibn and/or design approach '' 
.. . , 

for the ThorfDelta configuration a r e  summarized in the following&ir%- 

graphs; detailed discussions of the tradeoffs and. analyses leadingtd these 

recommendations a r e  provided in Section 8. 
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in a single package. Figure 6-47 illustrates the concept. This selection 

is dictated by the weight savings (5. 7 kg) which can be achieved by com- 

bining transformers into one multiple secondary power transformer per 

channel. The dissipative-type output regulators provide excellent dynamic 

response to  load variations a s  well a s  current limiting, in the event of 

overload, to protect the converter. 

The battery designs a r e  similar t o  those proposed for  the Atlas/ 

Centaur except with reduced capacity because of the smal ler  load 

requirements. 

Communications 

The more modest telemetry transmission rate requirements 

dictated by the Version 111 science payload led to an orbiter spacecraft 

configuration with the spin axis oriented perpendicular to the ecliptic 

plane, permitting adequate downlink coverage with a Franklin-array 

antenna. Derived directly from the Pioneers 6 through 9 Program, it has 

a fanbeam pattern 0.096 radian (5. 5-degree) beamwidth with direction- 

ality normal t o  the spin axis. Coupled with a 31-watt [minimum) power 

amplifier, it provides sufficient downlink EIRP to support 8 bi ts/s  at  

maximum range when a 26-meter deep space station is used for data 

acquisition. This antenna is  coupled to  either power amplifier via a trans 

fer  switch, thus avoiding the losses associated with a diplexer or hybrid. 

A shorter  version of this Franklin array,  incorporating half the 

number of dipole elements, i s  tilted approximately 0. Obi radian (3. 5 

degrees) with reepect t o  the spin axis t o  generate a fanscan signal ana- 

logous t o  the conscan signal for Pioneers 10 and t l. In this case, how- 

ever, the closed-loop attitude control system seeks to  orient the spin axis 

perpendicular to the earth-spacecraft line. This antenna, attached to the 

top of the main downlink antenna, is  interconnected to provide uplink 

reception only. 

Communication coverage during the launch phase, midcourse 

maneuvers, and orbit insertion is supported by a Pioneer 6 through 9 

slot a r ray  omni antenna (toroidal pattern with the axis of revolution coin- 

cident with the spin axis), and an aft-facing low-gain antenna. The 
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Pioneer 10 and 11 high gain antenna feed has been selected to  fulfill the 

latter function. Both,antennas a r e  configured to  permit both uplink recep- 

tion and downlink transmission. Figure 6-48 illustrates the recommended 

coupling of the four antennas with the redundant receivers and transmitters. 

Stringent weight constraints for the Thor/Delta configuration neces- 

sitated restricting our consideration to micro-miniature transponders, 

where significant weight savings can be realized. Therefore, the use of 

residual Pioneer 10 and 1 1 receivers and drivers, while cost-effective 

for the Atlas/Centaur ,probe bus, i s  not recommended because of the 

excessive weight (2. 7 kg differential). With this exception, the preferred 

configuration for the probe bus i s  identical to  that given for the Atlas/ 

Centaur. 

10 RECEIVER A 

TO MCEIMR 8 

RlOM TRANWIlTER * 
FROM TRANSMITTER 8 

Figure 6-48 Functional Arrangementof Antennas. Preferred 
ThorlDelta Configuration 



ALL PROBE CONFIGURATIONS. 

Data Handling and Command 

The functional relationship and genera l  per formance  of the  data 

handling subsystem remain  s imi lar  to  those proposed f o r  the AtlasICentaur 

configuration. However, the Version 111 science requi rements  closely 

match  the Pioneer  10  and 11 DTU capabilities, necessitating only the 

inclusion of a n  8 b i t / s  data  rate.  

Whereas five DSU's were  required t o  meet  the data s torage requi re-  

ments  of the  Version IV science payload on the Atlas/Centaur  configuration, 

t h ree  units provide the Thor /Delta with adequate redundancy and multiple 

simultaneous buffers t o  the  scientific instruments.  F i g u r e  6-49 i l lustrates  

the reconfigurable redundancy approach se l ec ted  

RADIOMETER 

MEMORY 

C 

Figure 6-49. Data Storage Concepl, Preferred ThorlDella Configuration 

Each DSU contains two modules of 122,880 b i t s  each. These modules 

can be  chained together to  f o r m  a single bank of 245, 760 bits or  they can 

be used independently. In this manner ,  all four data sources  can be  accom- 

modated simultaneously. If a DSU fai ls ,  t he  instrument  memory  assign-  

ments  a r e  reconfigured, permitting any two of the t h r e e  functions, a s  

shown in the  matrix.  Redundancy i s  thus provided for the occultation 

period information and the r ada r  a l t imeter  data, both in-line functions. 

The UV spectrometer  and IR radiometer  experiment data r e tu rn  a r e  

enhanced by  the  availability of the  added storage. 

The Pioneer  10 and 11 ordnance f i r ing c i rcu i t s ,  designed to operate 

with 30. 5 VAC ( rms) ,  must  be redesigned to accept 28 VDC. Substitution 

of a DC-DC equipment converter  fo r  the inver te r -CTRF necessitated this 

change. 
6-90 



P r o p d s  ion 

The react'ion control system (RCS) is configured identical to that 

proposed for the AtlasICentaur version. However. ThorIDelta missions 

involve increased propellant allocation, primarily because of larger 

midcourse maneuvers required to  correct the greater injection error.  ' 

The recommended tanks from the DSCS-I1 Program can accommodate 

the increased hydrazine load. 

The Hercules BE-3-A solid rocket capabilities closely approximate 

the ThorIDelta orbiter insertion impulse requirements. This motor has 

a demonstrated history of flight reliability with the Vela, Ranger, Athena, 

and Sparta programs. The existing design has no critical design limita- 

tions which would be exceeded by Pioneer Venus requirements. Moreover, 

only 4. 1 percent propellant off-loading is  required. 

Electrical Distribution and Grounding 

Figures 6-45 and 6-46 a r e  the electrical distribution diagrams for 

the probe bus and orbiter, respectively. The implementation scheme is  

identical to the AtZaslCentaur (reference Figures 6-30 and 6-31) except 

for 1 )  replacement of the inverter-CTRF with a DC-DC equipment con- 

verter ,  and 2) substitution of the Viking transponder, which includes i ts  

own converter, for the Pioneer 10 and i i  receiver driver, which is  

dependent on conditioned secondary power. 

Equipment Derivation/Status 

Table 6-24 summarizes the selected hardware units for the probe 

bus and orbiter spacecraft. The subsystem components a r e  identified 

by the categories of 1 )  flight-proven, developed, o r  2) new. Their 

previous program application is  also given. 

Comparison of this list  with that compiled for the Atlas/Centaur 

configuration (Table 6-18) reveals few changes with the exception of the 

orbiter antenna complement which relies on Pioneer 6 through 9 tech- 

nology. The majority of the recommended equipment i s  flight-proven 

on previous Pioneer programs. 
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6.3 MISSION RELIABILITY 

6.3.1 Probe/Bus Mission Reliability 

The success probability for  the five system (probe bus, large probe, 

and three small probes) probe bus mission is dependent on the reliability 

of each of these systems and the success cri teria defined for the large and 

small probes, respectively. The reliability of the probe bus, the large 

probe, and each of the small probes i s  0.952, 0.945 and 0.964, respec- 

tively, for the nominal ii0-day mission. The success cri teria for  the 

large and small probes have not been determined; therefore, Tables 6-25 

and 6-26 have been prepared showing the mission probability for each of , 

the possible success criteria. Figure 6-50 indicates the reliability model 

used in calculating the mission probabilities for  Table 6-25, and Figure 

6-51 indicates the reliability model used in calculating the mission proba- 

bilities in Table 6-26. 

Table 6 -25. Probe Mission Reliability These models show that 
(Large Probe Mission-Critical) in ~ ~ b l ~  6-25 the large 
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The s m a l l  probe m i s s i o n  profile f o r  Tables  6 -  25 and  6-26 i s  f iO 

days inactive (standby) and  1. i hour  active.  The t h r e e  s m a l l  probes each 

have t h e  s a m e  type t iming c i r cu i t  a s  t he  l a r g e  probe with backup "g" 

switches  and a r e  r e l ea sed  21, 17, and 13 days p r io r  t o  entry ,  respectively.  

Again the t iming c i rcu i t s  have insignificant impact  on re l iabi l i ty  due t o  

redundancy. 

Tradeoff s tudies  and  launch vehicle impact  a r e  d i scussed  i n  the  

probe and  probe bus sect ions  that  follow. 

6. 3. 2 P robe  Reliability ALL PROBE CONFIGURATIONS 

The reliabil i ty study t a sks  involved: identification of c r i t i ca l  i t e m s /  

single fa i lu re  points; rel iabil i ty v e r s u s  fa i lure  r e sou rce  resolution s tudies  

(weight and volume);  and active participation during the sys t em configura- 

tion t r a d e s  via reliabil i ty a s se s smen t s ,  a s  noted i n  F i g u r e s  6 - 5 2  and 6-53. 

Fa i lu re  mode and effects analysis  effor ts  a r e  noted i n  Appendix 61. These  . 

effor ts  were  inst rumental  in guiding the probe design to produce the highest  

re l iabi l i ty  at minimum weight and volume r e sou rce  costs .  The achieved 

r e s o u r c e  cost  effective basis  is indicated by the fact  that  fur ther  fa i lure  

r e s o u r c e  resolution expenditures a r e  la rge ,  likelihoods of fa i lu res  a r e  

smal l ,  and reliabil i ty gains  a r e  insignificant. 

The reliabil i ty of the e lec t r ica l  power subsys tem received ma jo r  

attention because of i t s  c r i t i ca l  nature  and the weak link s ta tus  of the bat-  

t e ry .  Analysis was made of the P ioneer  10 and 11 type act ive bat tery ce l l  

bypass c i rcui t ry ,  passive ba t te ry  cel l  bypass diodes, 13-cel l  battery with 

ex te rna l  electronic discharge regulation, and bat tery ce l l  out ( shor t )  capa-  

bility. The leakage cu r r en t  of the P ioneer  10 and 11 type active bat tery 

ce l l  bypass c i r cu i t ry  demands power throughout the mi s s ion  (costing signif-  

cant weight) and was therefore  deleted f rom fur ther  consideration.  The 
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passive battery ce l l  bypass diodes represen ted  an expenditure of 0. 13 kg 
3 

and 98. 32 c m  p e r  bat tery f o r  an insignificant reliabil i ty i nc rease  and were  

deleted f r o m  fur ther  consideration. The 13 -cel l  bat tery with external  e lec  - 
tronic discharge regulation represen ted  an expenditure of 7. 62 kg f o r t h e  

la rge  probe and 3.23 kg f o r  the sma l l  probes  with l e s s e r  reliabil i ty than the 

baselined bat tery configuration. The baselined probe conf igura t ions incor -  

porate  bat ter ies  of 20 ce l l s  sized with marg in  such that ex te rna l  e lectronic  

discharge regulation i s  unnecessary  and any ce l l  sho r t  fa i lu re  does not 

compromise mi s s ion  success .  

The  miss ion  succes s  considerations centered on the s ta ted scientific 

objectives of the probe mission.  The NASAAmes Resea rch  Center "Require- 

ments  for  P ioneer  Venus Mission Sys tems  Design Study" and "Statement of 

Work" defined the scientif ic objectives of the multiple-probe miss ion  a s  

investigation of the dense regions of the Venus a tmosphere  to  de te rmine  the: 

1) Nature and composition of the clouds (100 km to sur face) ;  

2) Composition and s t ruc ture  of the a tmosphere  to  the sur face  
> 100 km to  the sur face) ;  

3 )  General  c i rculat ion pa t te rn  of the lower a tmosphere;  

4 )  Charac te r i s t ics  of the planetary environment interaction with the 
interplanetary medium and by c u r s o r y  investigation, the composi-  
tion and s t ruc tu re  of the ionosphere ( > 100 krn < 500 km). 

These  miss ion  objectives were  considered in  the light of the Version 

I11 (December 1973) probe nominal payloads. These considerations led to 

the inst rument  relationships and contributions to miss ion  objectives p e r  

Table 6-27. 

These  considerations.  relationships,  and contributions indicate Mis - 
sion Objective Success  satisfactions due to obtainments of the various 

autonomous ~ n s t r u m e n t s / ~ r o b e s .  These  contribution percentages  were  

based on value es t imates  to the miss ion  objectives and the projected degree  

of contribution to the miss ion  objective should a given inst rument  on a given 

probe be obtained. The m a j o r  contribution of a f igure of this  type l i es  in 

the indication of potentials f o r  par t ia l  mi s s ion  objectives successes  (with/ 

without given objectives 1, 2, 3, 4--with/without given probes- -smal l  probe 

1, smal l  probe 2,  s m a l l  probe 3, l a rge  probe) .  Whereas,  a s tandard f igure  

would por t ray  only total  success  (a l l  objectives and a l l  probes) .  These  con- 



Table 6-27. Ve r s ion  111 Nominal Payload Instruments  
Related to Objectives 

0 
a 
I! > 
2 
w 
0 
Z 
!?! 
0 In - - - 
Z 
0 
Gi 
m 
w 
> 

6 )  T/DIII siderations also involved the probe's Venus encounter mission phasesf 

r 
INSTRUMEM 

LARGE PROBE 

PRBSURE TEMPEUTURE 

ACCELEROMETERS 

MISS SPECTPOMAER 

CLOUD PARTICLE ANALYZER 

SOLAR FLUX RADIOMETIR 
FUNAARV FLUX DElECTOR 

AUIEMVEXTINCTION DAECTOR 

TRANSPONDB 
NEPHELOMETER 

HYGROMETER 

SHOCK UYER UDIWElER 

WALL ROUES 01 

RESSLRE, TEW€@ATURt 
NEPHlLOMET€R 

ACCElEROM€lER 

MGNETOMETER 

STALE OSCILLATOR 

TOTAL 

D OIRETLY RMTED 

events and the state of probe science, systems, and timerlprogrammer as 

tabulated: 

VENUS ENCOUNTER MISSION PHASESIEVENTS 

BUSILARGE PROBE AND SMALL PROBE SEPARATIONS ' sCIENCE - O F F  TIMERIPROGRAMMER - ON 
SYSTEMS - O F F  

1. INDIRECTLY L U T E D  
N LITTLE OR NO RELATION 

I 

OBJKTNE 

2 P R E - P L A N E T  ATMOSPHERIC ENTRY 
CHECKOUT AND PREPARATION 

SCIENCE - ON ACQUIRE DATA 
SYSTEMS - ON 

REU~ION/CONTRIUJTION 

I 

D 24% 
I 

D I(Rb 

D 5% 

D % 
D 5% 

0 ' % 
I 

0 101, 

D JXI 
I 

0 6% 

D JXI 
I 

N 

N 

lm% 

3 ENTRY 
ACQUIRE DATA TRANSMIT DATA 
STORE DATA 

4 I l l ( i l 1  ALTITUDE DECELERA rION 
STORE ACCFLUHOMFTEK DATA 
1U HIACKOUT Mt:MORY 

R U T I O W O N T R I W l I O N  

2 

D 14% 

0 1% 

D 1% 
N 

I 

I 

I 
I 

N 

D Hi 
D SCa 

D 6% 

N 

D .W 
N 

I 

laPb 

UNCOVER INSTRUMENTSIEXPERIMENTS 

6 HIGH ALTITUDE DESCENT 
ACQUIRE DATA TRANSMIT DATA 
STORE DATA 

RMTIOWCONTRIWTION 

3 

0 24% 

I 

I 

I 

I 

I 

0 5% 

0 15% 

I 

I 

N 

0 Wb 

4 

I 
N 

D (1 is% 
' I  1 w  
(3 ?% 

I m% 

7 VENUS DESCENT 
ACQUIRE DATA TRANSMIT DATA 
STORE DATA 

REUTION/CONRIBUTION 

1 

I 

D 19% 

I 

N 

N 

N 

N 

I 
N 

N 

0 % 

I 

N 

0 9% 

D # I  VRb 
2 1w 
f3 5% 

N 

laPb 

8 LOW ALTITUDE DESCENT 
ACQUIRE DATA TRANSMIT DATA 
STORE DATA 

VENUS 
ENCOUNTER 



@ TID Ill The consideratio? of t h e s e  miss ion  , .  : objectives disclosed the i r  multifaceted 
. , ,.. 

&:ID ill 
nature due to theyin teres t  in a t m o s p h e r i c . ~ t r u c t u r e ,  .composition arid d i s t r i -  

, 
butiop. Thes&...inkei-est$;dictate wide latitude and long,itude displacement of 

,: , . :: 
probe targeting , with ' severa l  . different setsinGe,stigated a s  no ted in  p a r a -  

,, . ,. , .. 
graph 4. 2. 2. Thus', : i n  consideration of the missi,on objectives a n d t h e  pr,obe 

, ' 

targeting displacements,  the probes should be considered both complemen-, 
. . 

t a r y  and supplementary. 

The conclusion to  be drawn f r o m  these efforts is that the individual * 

instrument la rge  p robe / sma l l  probe associations with relationships to  the 

mission objectives means  that each  of the mission objectives can  be individ- 

ually satisfied t o  some degree  despite loss  of any instrument(s)  and/or  , 

Theke same  efforts w e i e  undertaken fo r  the Version'IV (April  1974).  

probe nominal payloads and a &  evidenced in Table 6 - 2 8 ( s i m i l a r  to   able 
6-27). To supplement these tables ,  Figure 6-54 por t rays  the miss ion  ob- 

jective data contribution of the la rge  and smal l  probes.  

, . 
I ,  
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Figure 6-54. Missian Objective Data Conlributimn Large ProbclSmaL Probe 

6. 3. 2. 1 Probe  Reliability, Thor/Delta  & TID Ill 0 T/D 1 1 1  

The estimated reliabili ty of the baselined ThorIDelta  l a rge  and smal l  

probe is 0. 966 and 0. 971, respectively. Details f o r  these  es t imates  a r e  

given in F igure  6-52. The baselined configurations represent  weight/ 
3 

volume resource  expenditures of 0.39 kgJ96.19 c m  fo r  the la rge  probe and 

0.20 kg/62. 11 crn3 fo r  the sma l l  probe to incorporate  redundancy. This 

r e source  expenditure was used to provide bat tery ce l l  out ( shor t )  capability; 

redundant power t ransfer  relays,  pyrotechnic ini t ia tors ,  and g switches; 

and bus/probe power isolation diodes. Additional expenditure of fai lure  

resolving weight/volume re sources  could only be justified by significant 

contribution to miss ion  success .  The baselined probe configurations a r e  

such that the remaining fai lures  a r e  v e r y  unlikely and thus no significant 

contribution to miss ion  success  remains.  

Power  

Power Control Unit This unit i s  fa i r ly  costly in expenditure 
(Safe and A r m  Relay) of resolution resources  a s  th ree  relays 

would be required to  a s s u r e  fai lure  f r e e  
a r m  and safe  functions (delta 0. 10 kg/ 
40. 96 cm3). With sma l l  probability of 
failure (5110 OOO), such expenditure is 
unjustified. 



Data Handling and 
Command 

This unit is highly costly in expenditure 
of resolution resources.  However, 
redundancy would take c a r e  of th ree  
catastrophic single failure functions and 
mus t  be considered. Active data hand- 
ling command redundancy i s  precluded 
because of multiple voting fault isolation 
and switching, additional power, and 
additional the rma l  requirements penal- 
t ies.  Thus, only a standby data handling 
command with selection opted a t  presep-  
arat ion checkout and no redundancy af te r  
separat ion would be feasible. The 
r e source  penalties a r e  excessive to 
resolve a 311000 chance of failure. 

Communication Each single fai lure  point unit, except 
the antenna, could be eliminated by 
standby block redundancy. However, 
resource  penalties a r e  la rge  and R F  
power loss/switching considerations 
would have to  be resolved. Expenditure 
of resources  to co r rec t  these units with 
s m a l l  likelihood of fai lure  i s  unjustified. 

The decelerator  subsystem and each of 
i t s  elements compr i se  single fai lure  
points. However, a single chute sys t em 
i s  the simplest ,  lightest, and most  cos t -  
effective configuration that can be adap- 
ted and possesses  sufficient reliability 
to  justify aame. Whereas,  completely 
redundant and multiple parachute sys tems 
involve entanglement problemcons idera-  
tions. . . 

0 A/CIII  0 AICII I  
6. 3. 2. 2 Probe  Reliability, AtlasICentaur  a A/C IV 0 A/C IV 

F r o m  a reliability standpoint, the ThorIDelta  and AtlasICentaur 

probes were  basically alike. The p r i m a r y  difference involved the e lec t r ica l  

power batteries.. and communication power amplifiers.  In the in te res t  of . . 
commonality, the AtlasICentaur  la rge  p r o b e u s e d  two each of the smal l  

probe bat ter ies  and power ampl i f ie rs ,  both being necessary  fo r  total mission 

success .  Theseba t t e r i e s  were  configured of 20 ce l l s  sized with margin  

such that  (1) external discharge regulation i s  unnecessary, (2) any ce l l  

shor t  f a i l u r e d i d  not compromise miss ion  success ,  and (3) any cel l  open 

fa i lure  in the la rge  probe was not catastrophic with another bat tery remain-  

ing. In addition, the la rge  probe bat ter ies  could be considered redundant 

fo r  50 percent  mission success .  



The estimated reliabili ty of the baselined At l a s fcen tau r  large probe 

i s  0. 945/0. 948 (total/50% mission).  The estimated reliabili ty of the base-  

lined Atlas/Centaur  smal l  probe i s  0.964. Details fo r  these est imates  a r e  

given in F igure  6-53. The baselined configurations represent  weight/ 

volume re source  expenditures of 0.84 kgl201.73 c m 3  fo r  the large probe and 
3 

0.46 kg/ 110. 78 c m  for  the s m a l l  probe to  incorporate  redundancy. This 

r e source  expenditure was used to provide bat tery ce l l  out (short)  capability. 

redundant power t r ans fe r  relays,  pyrotechnic init iators,  and g switches, 

and bus lprobe  power isolation diodes. 

The  Thor/Delta position regarding additional expenditure of volume/ 

weight r e sources  i s  discussed in paragraph 6. 3 . 2 .  1. The same  rationale, 

except f o r  the decelerator  subsystem, i s  applicable fo r  AtlasICentaur. 

The dece lera tor  subsystem on the AtlasICentaur  l a r g e  probe i s  a two-chute 

sys tem (pilot and main)  due to  the required main  chute s ize and each of i t s  

e lements  comprise  single fai lure  points. However, a single pilot chute and 

single ma in  chute i s  the s implest ,  lightest, and mos t  cost effective configu- 

ration that can be adapted fo r  a two-chute sys tem and possesses  sufficient 

reliabili ty to justify same.  Whereas,  completely redundant and multiple 

pilot and main  chutes would involve entanglement problem considerations. 

6 . 3 . 3  P r o b e  Bus Reliability ALL PROBE CONFIGURATIONS 

6.3.3.1 Tradeoff Studies $$ T/D I l l  

F o r  the ThorIDelta launch configuration, a weight/reliability t rade-  

off study was performed to  optimize the probe bus within launch vehicle 

weight constraints.  The study used a programming technique that consid- 

e r s  all possible combinations of weig,ht and reliability. The cr i te r ia  f o r  

the optimum design f o r  the probe  bus was minimizing single-failure points 

and judicially adding redundancy t o  maximize  reliabili ty improvement p e r  

unit of additional weight. F igure  6-55 plots reliabili ty versus  weight f o r  

optimum redundancy configurations, with optimum configurations defined 

as those providing the g rea te s t  increase  i n  reliabili ty f o r  the additional 

weight of redundant units. The redundancy configuration fo r  each labeled 

point on the curve is shown in Table 6-29. 
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Figure 6-55. ReliabilityiWeight Tradeoff Cum for ThorlDelta Pmbe Bus 

Table 6-29. Redundancy Configurations Based 
on Optimization Curve 

6 . 3 . 3 . 2  Thor/Delta Configuration 

The reliability block diagram for  the probe bus ThorIDelta config- 

uration is  shown in Figure 6-56. The key reliability features a r e  listed in 

Figure 6-57. 
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The communication subsystem configuration i s  redundant except for 

those items which cannot be made redundant, i.e., hybrids, transfer 

switches, etc. The receivers a r e  in active redundancy and each has a 

dedicated converter. The transmitters a r e  standby redundant with each 

transmitter having a dedicated converter. The transmitter power ampli- 

f iers  a r e  in standby redundancy. Although there a r e  several antennas on 

the spacecraft, they a r e  not considered redundant since each is used for 

specific purposes during the mission. 
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The command and data handling subsystem i s  primarily based on 

the Pioneers 10 and 11 design. The digital decoder units (DDU) and com- 

mand distribution unit (CDU) employ active redundancy; the digital tele- 

metry  unit (DTU) incorporates standby redundancy. Each unit receives 

power from one of the two central converters with no redundant units 

receiving power from the same converter. 

The attitude control subsystem is completely redundant except for 

the program storage and execution subassembly (PSE) which i s  required 

for  only 50 hours during the mission. The PSE functions, if necessary, 

can be performed by ground command. The sensor and power control 

subassembly (SPC) i s  internally redundant and receives cross-strapped 

power from the redundant central converters with isolation provided within 

the SPC. The duration and steering logic subassemblies (DSL) a r e  in 

standby redundancy and the sun sensor electronics and sensors a r e  inter- 

nally redundant. All units receive power from the cross-strapped redun- 

dant central converters through the SPC. 

The electrical power subsystem i s  designed for maximum reliabgity 

within the weight constraints and requirements of the system. The solar 

a r r ay  has a 0.99999 probability of supplying 96.6 percent of the available 

power which i s  1.6 percent greater than the requirement for  95 percent of 

the available power. The 13-cell silver-zinc battery retains commonality 

in design between probe bus and the small  probe battery design. The bat- 

tery  i s  required for approximately one hour near earth and for the res t  of 

the mission it will be open-circuited and commanded on-line only during 

pulse load requirements. The shunt radiator has built-in redundancy and 

the power control unit (PCU) is internally redundant. 

The propulsion subsystem has redundant thrusters and valve drivers 

for  precession, AV, spin, and despin. A failure of the tank pressure 

transducer is not mission critical as long a s  it does not fail in the leakage 

mode. since propellant usage can be analytically determined. The propul- 

sion tanks and lines a r e  single-point failures. 

The structural/thermal subsystem can tolerate one failed louver 

without causing thermal imbalance. The deployment mechanisms for the 

large probe a r e  ball lock devices which have demonstrated high reliability 

on the Minuteman program. However, each of the bal& locks will be acti- 

vated by redundant squibs, deviating f rom the gas generator approach 
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Figure 6-57. Key Reliability Features 

used on Minuteman. This i s  not believed to adversely affect the reliability. 

Redundant firing circuits, identical to  those on Pioneers 10 and i i ,  will 

be used to activate the squibs. The umbilical from the probe bus to the 

large probe will be severed by a cable cutter having redundant squibs 

activated by redundant firing commands. The small probes will be 

released by two pin pullers sequentially fired to relax the strain energy 

prior to deployment. Each pin puller has redundant squibs activated by 

redundant firing commands. The small probe umbilicals will be severed 

like the large probe umbilical. 

The system level failure modes and effect analyses (FMEA) i s  pre- 

sented in  Appendix 6.31 and identifies each of the system level single-point 

failures. 

6.3.3.3 Atlas/Centaur Configuration @ N C  Ill 

The reliability block diagrams and model for  the preferred Atlas/ 

Centaur configuration i s  presented in Figure 6-58. The reliability cri teria 

used to optimize the design was the elimination of single-point failures. 

No reliability versus weight optimization analysis was performed since the 

Atlas/Centaur configuration i s  not weight constrained. 

F r o m  a reliability standpoint the only changes between the Thor/ 

Delta and the AtlaslCentaur configurations occur in the electrical power 

and communication subsystems. In the electrical power subsystem, the 
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@ N C  I l l  DC-to-DC converters a r e  replaced by an inverter and cent,ral-transformer- 

rectifier-filter (CTRF) a s  utilized on Pioneers 10 and t i .  Redundant inde- 

pendently isolated secondary power will be provided to each of the redun- 

dant units except for the attitude control subsystem, which receives 

redundant c ross  - strapped secondary power. The change in  the communi- 

cation subsystem is  that the receivers and transmitter drivers with dedi- 

cated converters used on the ThorfDelta configuration will be replaced by 

Pioneers 10 and 11 units. These receivers and transmitters  require 

secondary power which is provided by additional CTRF outputs. However, 

even with these changes the probe bus mission reliability for the Atlas/ 

Centaur and Thor/Delta configurations is  approximately the same. 

The FMEA i s  presented in Appendix 6.31 and identifies each of the 

system level single-failure points. 

6.3.4 Orbiter Reliability ALL ORBITER CONFIGURATIONS 

The orbiter mission is  for 425 days and mission reliabilities a r e  

0.906 and 0.925 for the Thor/Delta and Atlas /Centaur launch vehicle con- 

figurations, respectively. The transit t ime for each case was assumed to 

be 200 days with the remaining 225 days in orbit. Each orbiter design i s  

derived f rom the related probe bus design with minor configuration changes 

in the electrical power, data handling, and communication subsystems to 

accommodate unique mission requirements. The basic weight versus 

reliability optimization performed for the Thor /Delta configuration i s  valid 

for the orbiter to  determine redundancy levels since the same basic equip- 

ment i s  utilized. 

6.3.4.1 ThorIDelta Configuration & I D  Ill 

The reliability block diagram for the ThorfDelta configuration i s  

shown in Figure 6-59. The Thor/Delta orbiter reliability model includes 

the following changes to  the probe bus design that impact reliability. 

The electrical power subsystem has a different solar a r r ay  
design which has a 0.99999 probability of delivering 97 percent of 
the available a r r a y  power (95 percent of available power is  
required). A nickel-cadmium battery replaces the silver-zinc 
type. During the f i rs t  part of the Venus orbit mission the battery 
experiences a 30-percent depth of discharge. During this period 
there i s  very low probability of losing the battery due to a cell 
short. After 165 days of the Venus orbit mission, and for a 
period of 25 days, a very high depth of discharge occurs (80%) 
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and there is a high probability of losing the battery due to a 
cell short. This would result in loss of data during eclipse. The 
last  part of the mission which occurs in full sunlight would not be 
affected. 

0 Three data storage units (DSU) were added to the data handling 
subsystem. Two of the three  units a r e  required for the f i rs t  40 
days; only one of three i s  required for the remainder of the 
mission. 

r The communication subsystem replaces the solid-state t rans-  
mitter amplifier with TWTA's. In addition, the medium-gain 
antenna is  replaced by high gain antennas with fanbearn and fan- 
scan. A conscan processor has been added for attitude deter- 
mination. The processor is not mission critical since the atti- 
tude determination could be performed using ground backup 
operations, if necessary. 

6.3.4.2 Atlas /Centaur Configuration &>c 111  

The reliability block diagram for  the preferred earth-pointing orbi- 

t e r  configuration i s  shown in Figure 6-60. The Atlas/Centaur orbiter 

reliability model i s  the same a s  for  the probe bus (reference Section 

6.3.3.3) except for the following changes : 

The electrical power subsystem has a different solar a r r ay  design 
which has a 0.9999 probability of delivering 97 percent of the 
available a r r ay  power (95 percent of available power is required). 
A nickel-cadmium battery replaces the silver-zinc type. During 
the f i r s t  part of the Venus orbit mission the battery experiences 
a 30 percent depth of discharge. During this period there i s  very 
low  roba ability of losing the battery due to a cell short. After 
165 days of the Venus orbit mission and for a period of 25 days a 
very high depth of discharge occurs (80 percent) and there is  a 
high probability of losing the battery due to a cell short. This 
would result in loss of data during the eclipse. The last  part  of 
the mission which occurs in full sunlight would not be affected. 
The transmitters and receivers have their own converter, elimi- 
nating output requirements f rom the CTRF, but additional CTRF 
output a r e  required for  the DSU's and conscan. 

r The attitude costrol subsystem has an added platform for the 
radar altimeter which requires a gimbal drive and redundant 
gimbal drive electronics which a r e  activated periodically during 
Venus orbit. 

r The data handling subsystem has added five data DSU's of which 
four a r e  required for the f i r s t  40 days and three a r e  required for 
the remainder of the mission. 

r The communication subsystem has dedicated converters for the 
transmitter drivers (one active, one standby), and for the 
receivers (both active). Also, a high-gain earth-pointing antenna 
has been added. 

6-ii0 
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