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A VISCOUS/POTENTIAL FLOW INTERACTION ANALYSIS
METHOD FOR MULTI-ELEMENT INFINITE SWEPT WINGS

By

F. A, Dvorak and F. A. Woodward
Flow Research, Inc.

SUMMARY

-,

An analysis method and computer program have been developed for the
calculation of the viscosity dependent aerodynamic characteristics of
multi-element infinite swept wings in incompressible flow.

The wing configuration consisting at most of a slat, a main element
and double slotted flap is represented in the method by a large number of
panels. The inviscid pressure distribution about a given configuration in
the normal chord direction is determined using a two dimensional potential
flow program employing a vortex lattice technique. The boundary layer
development over  each individual element of the high 1lift configuration
is determined using either integral or finite difference boundary layer
techniques. :

Once the boundary layer development is known, a source distribution is
determined as a function of the calculated boundary layer displacement
thickness and pressure distributions. This source distribution is included
in the second calculation of the potential® flow about the configuration,
and represents the effect of the boundafy layer in the modification of the

potential flow. Once the solution has converged (usually after 2-5 iterations’

between the potential flow and boundary layer calculations) 1lift, drag, and
pitching moments can be determined as functions of Reynolds number.

The new method has a number of features and capabilities which make it
a unique method at this time. Some of these features include:

-The inclusion of methods capable of calculating the boundary layer
development over infinite yawed wings.

-The inclusion of normal pressure gradient and longitudinal curvature
terms in the finite difference program. This has led to much
improved predictions of the performance of multi-element airfoils in
two dimensions as compared to the predictions of other methods,
especially in the -calculation of profile drag.

-The use of source distributions rather than the displacement thickness
directly to represent the effect of the boundary layer on the potential
flow. This approach is much more efficient than the alternate
procedure since the influence coefficient matrix representing the
geometry of the configuration need be inverted only once. Computer
time expenditures are consequently much less with the new method.



-In the future, the effects of tangential injection and suction
boundary layer control on aerodynamic performance may be calculated,
as well as the effects of fully three dimensional flow.

The computer program is written in Fortran IV for the CDC 6600 and
7600 family of computers. The program occupies 100,000 (octal) words of
storage and operates in the overlay mode. The program has been structured
in such a way that extension or replacement of individual calculation
procedures is straightforward.

~



INTRODUCTION

Background

The multi-element wing is an essential component of the high-lift systems
of existing commercial and military aircraft. Historically the design of these
systems has been dependent upon experimental verification of predicted aero-
dynamic performance., This approach has been and continues to be a very costly
and time consuming venture. The advent of high speed computers and of advanced
numerical methods is however gradually reducing the reliance on the experimental
method. Calculation methods now exist which permit the solution of many prac-
tical engineering problems. The prediction of the aerodynamic characteristics
of two-dimensional 1lifting multi-element airfoils including the effect of
viscosity is an important example of this capability.

The availability of a three-dimensional version of such a method would be
of considerable'value to the designers of modern aircraft high-lift systems,
particularly with respect to STOL aircraft, where the design problems appear
to be the most formidable. Trade-off studies could be made for the design and
analysis of individual components such as the leading edge devices or the
slotted flaps. A multi-element wing analysis would have other important
applications, and it is because of the usefulness of such a method that the pro-
cedure described in this report was developed.

The method is currently valid for the infinite yawed wing case, but has been
structured in such a way that at a later date, it can be extended to the fully
three dimensional case. The addition of viscous effects is accomplished using
distributed sources determined from the boundary layer calculations. The need-
to add viscous effects is clearly demonstrated by the results shown in Figure 1.1
(Ref. 1.). Obviously, the inviscid solution grossly over estimates the performance
of the airfoil section.

It was Prandtl who first suggested adding the boundary layer displacement
thickness to the original geometry to account for the displacement of the inviscid
flow streamlines by the boundary layer. This approach has since been used suc-
cessfully by many researchers. A practical computational difficulty arises with
this approach however, and that is the need in the potential flow calculation to
re-invert at each pass a large matrix resulting in large computer time expenditures.
In order to obtain smooth pressure distributions it is also usually necessary to
smooth the new geometry before each potential flow calculation resulting in
further computer time expenditures. An alternative procedure stemming from an idea
first suggested by Preston, Ref. 2, has been successfully adopted in the computer
program described in this report. Briefly, a source or sink (negative source)
distribution is determined as a function of the known displacement thickness,
entrainment rate, and velocity distributions (q = d/ds (PgUeS*). With the intro-
duction of a source distribution a new vortex distribution is determined given
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the original geometry, consequently, there is no need to invert the matrix a
second time. If several iterations between inviscid and viscous flow are
required, the potential computer time saving is substantial.

Problem Definition

The calculation of the potential flow about a multi-element configuration
represents the first task of any analysis method. Because the analysis is
limited to infinite swept wings a two-dimensional potential flow method is
adequate. Future expansion to the fully three-dimensional case suggested,
however, that any progran be written in modular form in order that the two-
dimensional method could be readily replaced by a three-dimensional wmethod.

In the two-dimensional case, a mathematical model is required for the flow field
about a series of arbitrarily shaped bodies in an incompressible, inviscid flow.
The model must as a further requirement be able to predict the pressure distri-
bution at selected off-body points above the flap segments. This is necessary
because downstream of the wing trailing edge the static pressure normal to the
flap surface is greatly influenced both by the proximity of the flap to the
wing trailing edge and by the large surface curvature in the flap leading edge
region. This static pressure variation (see Figure 1.2) has a considerable
influence on the development of the combined wing wake-flap boundary layer
downstream of the wing trailing edge.

With the potential flow field specified, it is necessary to predict the
boundary layer development over the multi-element configuration. Calculations
must include stagnation line initial conditions, laminar, transition and turbu-
lent boundary layer developments and laminar or turbulent separation predictions
_for each element of the infinite swept wing high 1lift system. The calculations must
include accurate predictions of boundary layer development in the regions where
wing or first flap upper surface and cove boundary layers merge with the down-
stream flap upper surface boundary layer. This requirement is an absolute
necessity if accurate drag predictions are to.be made. Both longitudinal curva-
ture and normal pressure gradient terms must be included in the governing
boundary layer equations as each effect has a significant influence on the
boundary layer development and subsequently on the section drag coefficient. These
effects are particularly important in the wing trailing edge-flap leading edge
region. Once the boundary layer development is known, its effect on the external
flow must be determined.

A complete analysis program for the aerodynamic characteristics of multi-
element infinite swept wings is developed by combining the separate potential
flow and boundary layer calculation procedures. - Iteration between the separate
procedures results in the prediction of viscosity dependent aerodynamic forces.

. The different parts of the flow about a multi-element infinite swept
wing high lift system consisting of a leading edge slat, the main wing and
double slotted flaps are shown in Figure 1.3. The different calculation

schemes that form the elements or modules of the integrated computer program
are presented in the following sections.



FIG. 1.2 STATIC PRESSURE VARIATION NORMAL TO FLAP SURFACE
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LIST OF SYMBOLS

Aergdynamic_influence coefficient
Function in Van Driest damping factor
Normal velocity due to external source
Eddy Reynolds number UdC/vt'

Reynolds number at stagnation line

Profile drag coefficient = ———l%—"
%pqm c
Lift coefficient = —>
%pr c

Moment coefficient

Airfoil normal chord

Local skin friction coefficient
Streamwise skin friction coefficient
Resultant skin friction coefficient
Cross flow skin friction coefficient

Pressure coefficient

. Drag force/unit span

Universal functions in Curles laminar method

Correction term to Thwaites laminar method

Shape factor, ratio of displacement to momentum thicknesses (0%*/6)
Shape factor (8§ - §%*)/6

Non-dimensional pressure gradient parameter

Von Karman's mixing length coefficient

Mixing length 1 = ky inches

Lift force/per unit span

Local Mach number

Free stream Mach number

Total normal velocity



P Static pressure, pounds per square inch absolute

q Source strength
r Radius of curvature, inches
R Local radius of curvature
R Chord Reynolds number U_c/v
Re Momentum thickness Reynblds number Ug/v
6 ins Streamwise momentum thickness Reynolds number at instability point
Ry Streamwise momentum thickness Reynolds number at transition
trans
UR ' Resultant velocity
US Local streamwise velocity
U, Free stream velocity
v Tangential velocity at airfoil surface
u, v, w Components of velocity in X, y and z directions
U, Friction velocity(Tw/D) '
Xy, ¥, 2 Components ¢f length in the chord, normal and Spanwise directions
S Distance along a streamline |
51* 52* |
ell 612 Three-dimensional boundary layer thickness parameters defined in
Equation 3.22.
e21 e22
) ' Boundary layer thickness
o Density of air
T Shear stress
Ty Local surface shear stress



Subscripts

in

ins

Vortex strength

Angle between streamline at outer edge of boundary layer and wing
normal chord

Angle between surface streamline and external streamline directions
Kinematic viscosity

Eddy viscosity

Intermittency function

Standard deviation of intermittency function

Value at edge of boundary layer
ith value

Incompressible

Instability

jth value

Local value

lower

Transition

Streamline component

"Turbulent

Upper
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POTENTIAL FLOW METHOD
Configuration Definition

The multi-element airfoil configuration is represented by pairs of
surface coordinate points. Each element with the exception of the main
wing, may be specified in its own or a reference coordinate system. The
main element must be given in the reference coordinate system. Individual
coordinate systems are related to the reference coordinate system by pivot
points. The pivot points are prescribed in both the element and reference
coordinate systems. In order to loft the configuration,.element rotation
angles must also be prescribed. Given the pivot points and rotation angles
any element may be translated and rotated to the desired location relative
to the main element.

Pivot points may be determined based on such requirements as a
specified slot gap and wing-flap overlap. Leading edge coordinates usually
provide a convenient element pivot point although in some cases the hinge
point of a flap on its mechanical track or linkage mechanism gives a ready
reference point. Figure 2.1 shows a four element configuration in both
input and lofted positionms. ‘

If the configuration is made up of a main element and one or more
slotted flaps, then additional analysis is required to determine flap upper
surface longitudinal radius of curvature for later use in the finite
difference boundary layer calculation methods. Accurate calculations of
curvature require the use of very smooth input data. Because of this, it
was found necessary to use spline functions to represent the surface being
analyzed. A spline under tension* is first passed through the coordinate
points representing the flap upper surface. First derivatives dy/dx are
then determined from the splined curve using analytic expressions. A
second spline under tension is now used to represent a curve through the
calculated first derivatives. This spline is likewise differentiated using
analytic expressions. Once both first and second derivatives of the
surface are known the radius of curvature can be readily calculated. TFigure
2.2 indicates the success of this technique in relation to known values of
radius of curvature for the NACA 4412 airfoil upper surface contour.

* "Splines Under Tension" - a technique developed by Dr. A. Cline of the
National Center for Atmospheric Research, Boulder, Colorado, for obtaining
smooth continuous curves from sets of imput coordinate points.
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FIG. 2.1

MULTI-ELEMENT AIR FOIL LOFTING PROCEDURE
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Inviscid Method

The airfoil and associated flap system in their lofted configuration
is approximated by a large number of planar segments, or panels, with corner
points located on the actual airfoil or flap surfaces. The geometry of
a typical two element system is illustrated below:

2 §

Vortex j ajj

panel i

- X

Fig. 2.3 Airfoil Geometry Using Planar Panels

A triangular distribution of vorticity is located on each adjacent
pair of panels, as shown above. The vortex distribution is identified by
the index of the common edge, and is given unit magnitude at that point.
The normal component of velocity induced by the jth vortex distribution at

the center of panel i is designated the aerodynamic influence coefficient
aij and is calculated as follows:
H

>~

panel i

panel (j-1)

- X

Fig. 2.4 Aerodynamic Influence Coefficients
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First, the horizontal and vertical components of velocity u,. and w,,
are obtained by summing the influences of a linearly varying vortex H
distribution on panel (j-1) having unit value at the trailing edge, and a
linearly varying vortex distribution on panel j having unit value at the
leading edge. Formulas for the u and w components induced by these
vortex distributions in terms of the primed coordinate system associated
with the influencing panel are given in Appendix I.

u, =u'", cos§, -w'', sins, , +u', cos§, - w', siné, (2.1)
iy i,j-1 j-1 i,j-1 j-1 ij h| ij hi

w,, =w''", cost_ + w!! siné,

.. ' + w', cosS§, + w',, siné, 2.2)
ij i1 1 i,j-1 j-1 ij - h| ij h| ( .

The normal velocity aij is then

a.. =w,, cos, - 1__ sind, : (2.3)
ij ij i ij i

A series of overlapping triangular vortex distributions are placed on the
upper and lower surfaces of the airfoil, as indicated:

’;—-Vortex Lattice

Fig. 2.5 Vortex Distribution on Airfoil

It should be noted that the number of panels on the upper and lower
surfaces are not necessarily equal. At the leading edge, the vortex
strengths of the upper and lower vortices are set equal, to insure a smooth
flow around the leading edge. At the trailing edge the "Kutta' condition
specifies that the magnitudes of the surface velocity on the upper and lower
surfaces have a common limit. This implies that the vortex strengths on the
upper and lower surfaces must be equal and opposite.

15



In the above example, the airfoil has 8 panels on the upper surface and
7 on the lower, for a total of 15 panels. If the leading edge vortices 1 and
1' are set equal (y, = Y1 ') and the trailing edge vortices 9 and 16 are set
equal and opposite %Y ="~ y16) a total of 15 unknown vortex strengths
remain. The unknown vortex strengths are determined by specifying that the
sum of the induced velocity and the normal component of the free stream velocity
go to zero at each panel control point. For an airfoil having N panels, the
total normal velocity at panel i may be written

N

n, = sin(a- Gi) + jél a5 Y5 = 0 (2.4)

The first term represents the normal component of a unit free stream
velocity at the control point of panel i, and the second is the sum of the
products of the influence coefficients and the N unknown vortex strengths.
Writing this boundary condition equation for each of the N panels results
in a linear system of N equations in the N unknown vortex strengths,

In matrix form,

F377 Bppeeeee ay Yl sin (a- 61)
a2 Y2 :
. =- ’ : (2.5)
L i -
a1 an YN sin (a 6N)

This matrix equation can then be solved for the vortex strengths. Direct
inversion is employed for single element airfoils, and either a direct
method or an iterative procedure (described in Appendix II)can be employed
for multi-element airfoils.

Airfoils with blunt trailing edges can be analyzed successfully using
the Kutta condition that the trailing edge vortex strengths are equal and
opposite (i.e. Yo = in Figure 2.5). If the trailing edge closes to
a point, the strengths og the trailing edge vortices must go to zero, since
the trailing edge will be a stagnation point in the flow. Although this
result is given automatically by the solution of the above system of equationms,
it has been found that an alternate formulation of these equations is desirable
for airfoils with trailing edge closure. In this case the coefficients in
the last column of the matrix (eqn. 2.5) become very small resulting in a
poorly conditioned system of equations.

In the alternate formulation, the Kutta condition is specified by
setting the strengths of the vortices associated with the trailing ege panels
equal to zero (i.e., Y = 0 in Figure 2.5). However, this procedure
eliminates the last co?umn o? influence coefficients in Eqn. (2.5) leaving an
indeterminate system of N equations in N-1 unknowns.

16



An additional unknown is provided by adding the influence of a constant
strength source distribution just inside the airfoil surface. The source

is distributed on the inner side of each panel used to represent the airfoil.
The velocities induced by a constant strength source distribution are given
in Appendix I, and are used to calculate new values for the last column of
influence coefficients in the boundary condition equations. The unknown
source strength is added to the remaining N-1 unknown vortex strengths to
give a well conditioned set of equations. It should be noted that the
unknown source strength is always very close to zero for airfoils with
trailing edge closure.

The pressure coefficient at the mid point of panel i is calculated as
follows:

. 2 2 .
Cpl =1 - ui h Wi (2.6)
where
N
u, = I ug. Y
1
i j=1 J o3
:
wyi = wi' Y.
j=1 J ]

and u,., Wi: are given by Eqns (2.1) and (2.2). The 1lift and pitching
‘momen%Jcoetiicients are obtained by integrating the pressures around the
airfoil configuration.

Viscous/Potential Flow Interaction

The inviscid flow around an airfoil can be modified to account for viscous
effects through the addition of the boundary layer displacement thickness s*
to the original airfoil geometry. The potential flow method described in the previ-
ous section can then be used to calculate the flow field about the new geometry.
A modified pressure field results, which in turn causes a change in the calcu-
lated boundary layer development. After several iterations both the pressure
field and boundary layer developments should become convergent., This
procedure is used in both the Lockheed and McDonnel-Douglas programs (Refs 1
and 3), and while it would seem at first glance to be a straightforward
approach, several requirements are necessary to ensure a satisfactory solution.
These include:

- The necessity to calculate and invert a new influence coefficient
matrix at each iteration due to the change in resultant geometry.

- The necessity to smooth the geometry each time the displacement
thickness is added, to ensure a smooth pressure distribution.

17



* -~ The necessity during each iteration to modify to a considerable
extent the calculated pressure and boundary layer developments in the
trailing edge region in order to ensure a convergent calculation
procedure.

An alternate procedure is available which uses the same influence coefficient
matrix throughout the calculation, and it is this method which is used in the
present program,

The effect of the boundary layer on the potential flow is represented by
a distribution of sources on the panels connecting points of the original air-
foil surface (Figure 2.3). The strength qj of the source distribution is made
proportional to the rate of entrainment of mass into the boundary layer (i.e.
9 = I3 (%Ueé*))T Thus the calculated pressure distribution and boundary

layer displacement thickness developments can be used to determine the source
strengths for the next iteration of the analysis. The source distribution
has the effect of modifying the boundary conditions to the original problem
by altering the right hand side of Eqn 2.5. The influence coefficients aj 4
(or Uig, Wiy .) remain unchanged as does the geometry of the configuration ’
being analy%ed

The effect of the source distribution on the boundary conditions is
determined in the following manner. Consider a panel representing a portion
of the airfoil geometry; the source strength is known as is the normal velocity
induced by the source distribution at the boundary point on the panel. This
normal velocity is the new boundary condition to be satisfied by all sources
and vortices representing the geometry and the boundary layer effects. However,

the source distribution of the same panel already satisifies this new boundary
condition, therefore, the remaining sources and vortices must satisfy the
boundary condition of tangential flow to the surface.

Source influence coefficients Usj § and wg;. are defined as induced
velocities per unit source strength qs; at a corner point where the
source distribution on a panel is represented by two overlapping triangles.
This definition is completely analogous to the vortex influence coefficients
ujg and Wi :

The total induced velocities at the i-th boundary point can be described by

N N
u, = % u,, vy, *+ I ug., q. - (2.7)
1 j=1 1J J j=l lJ _']
N N
j=1 j=1

TWith this technique the normal velocity component at the surface ni and the
source strength qi'are equal.

18



Because of the introduction of a source distribution, the Kutta condition at
the trailing edge of the airfoil takes a form different from those used for
blunt and closed trailing edges in the inviscid flow calculation. With the
trailing edge being a stagnation point the sum of the vortex and source
velocities is zero. With the trailing edge sources known the vortex strengths
Yu and Yy, can be determined by the condition that the component of velocity
normal to the trailing edge panel is zero at the trailing edge on the upper
and lower surfaces.

TRAILING EDGE

Fig. 2.6 Kutta Condition - Modified by Source Distribution

From the preceeding figure,

(—d

Y 1

u + q, cos6) /sind (2.9)

Yy = (-qu +q cos0) /sind : (2.10)

It should be noted that the above equations imply equal pressure
coefficients on the upper and lower surfaces at the trailing edge. Taking
the difference of the squares of each equation,

2 2 2 2
Y- = -
or
2 2
Cp,=1-v, -9
2
=l-v -9 =0

19



The addition of the source distribution external to the airfoil modifies
the normal velocity at the control point of panel 1i. Referring to Eqn. (2.4),

. N N
q, = n, = sin(a-8,) + L a,, Yy, + I b, q, (2.11)
where
b,, =w_ cos§ -u,  sind,
1] Sij 1 ij 1

is the normal velocity induced by the external source on panel j.
Since the qj are known, the right hand side of Eqn. (2.5) becomes

N
g =-51n(a—di) - jilbij qj + 9y (2.12)

Since the vortex strengths at the trailing edge of the upper and lower
surfaces are also specified in terms of the external source strength by Eqns.
(2.9 and (2.10), an additional unknown constant source distribution inside
each airfoil surface is required to solve Eqn (2.5), as described in the previous
section.

The advantage in computer time of this procedure results from having to
~calculate the influence coefficients only once. At each successive iteration
only matrix multiplication is required to determine the new vortex strengths.

As in the displacement method the effect of the boundary layer corrections tends
to cause an overshoot or correction in the pressure field solution at each
iteration. This undesirable feature is avoided and rapid convergence assured

if the boundary layer development and resultant source distribution is determined
from a pressure field weighted using fifty percent of the current solution and
fifty percent of the previous solution.

Although the precedure does not require extensive smoothing as in the
displacement methods some limitation on the source strength is required in the
trailing edge region if rapid convergence is to be achieved. Rapid growth
of the boundary layer approaching separation in strong adverse pressure gradients
(typical of configurations at high angles-of-attack) cause abnormally fast growth
of the displacement thickness, and in turn the source strength. Numerical exper-
iments indicate that if a limit is placed on the maximum source strength conver-
gence can occur between two and five iterations. The calculations also indicate
that this limit is different for slotted airfoil cases, where the boundary layer
growth on the flap is very much greater than that typical of single element cases.
More will be said of this limit in a following section.
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Because the pressure coefficients are determined from the velocities on the
boundary points of a panel rather than from the vortex strengths at the corner
points, the trailing edge pressures are not known a priori. Therefore, they are
calculated by simple linear extrapolation of the pressures from the last two
boundary points on the upper and lower surfaces respectively.

A special situation arises if any element of the geometry does not have a
closed trailing edge. 1In this case the solution for the inviscid flow about the
‘particular element is determined using the Kutta conditiomn vy, = - y,. No
internal distributed source is required to complete the problem definition.
Consequently, when boundary layer effects are included in the first iteration
(with the Kutta condition determined from Eqns. (2.9) and (2.10)), an internal
source is required to complete the problem definition and it is necessary to
recalculate the influence coefficient to include the effect of the distributed

source. Subsequent iterations require only matrix multiplication to obtain
the vortex strengths.
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BOUNDARY LAYER CALCULATION METHODS

The boundary layer development is calculated from the stagnation line of
each element. For the infinite swept wing case two separate calculation pro-
cedures are used, each for a particular region of the flow. On the upper
surfaces of the leading edge slat and main wing and for the lower surface of
every element of the configuration an integral method is used. This method
is about 100 times faster than the corresponding finite difference method in
two dimensions. Economy of computer time is essential in an iterative method
particularly when a multi-element configuration is considered, if the method is
to be of practical use to the designer. In all cases where passive blowing
(slotted flaps) or powered blowing is considered, the finite difference method
is used. This method could be used for the complete boundary layer analysis
if desired by the user.

Descriptions of the individual boundary layer and transition analyses are
presented in the following sections.

Stagnation Line Initial Conditions

It has been predicted theoretlcally by Cumpsty and Head 4 and Bradshaw 5
amongst others that flow along the stangation line of a infinite yawed wing
appraoches an asymptotic condition. This condition is one where the rate of
growth of the boundary layer due to frictional forces is balanced by the
divergence of the flow from the spanwise to the streamwise direction. Cumpsty
and Head later demonstrated in an experimental study (Ref 6) their earlier
" theoretical prediction. They were able. to show that whether the flow is laminar
or turbulent its integral properties can be determined dlrectly as a function of
a single non-dimensional parameter C*. The parameter C* (= V 2/ du/dx), where
V is the spanwise velocity, V the kinematic viscosity and dU/dx the chordwise
velocity gradient at the stagnation line) is a form of Reynolds number which
correlates well with the streamwise shape factor H, momentum thickness 6 and
skin friction coefficient Cg/2. The correlations for H and 6 are presented in
tabular form in Table 1. 1Initial integral boundary layer parameters are determined
from the table for the calculated C*. If C* < 1.35 x 10° the flow is laminar
otherwise it is turbulent. The appropriate calculation method is then used to
determine the downstream boundary layer growth (See Figure 3.1).

Integral Boundary Layer Methods

Laminar Method

A variety of methods exist for the calculation of laminar boundary layer
developments, the most general of these being based on finite difference methods.
In the case of the infinite swept wing substantial regions of laminar flow (10%
chord or more), are likely only at the lower Reynolds numbers and sweep angles
and in cases where large flap deflections result in considerable laminar flow
on the lower surfaces of the flaps. In these instances the effect of the laminar
flow on the external flow is negligible and the drag contribution very small.
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Fig. 3.1 Flow Chart for Boundary Layer Calculations
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C* x 10 H Rgll'
0 2.54 0
2 2.54 57.1
4 | 2.5 80.88
.6 2.38 100.00
.8 1.78 200.00
1.0 1.70 245.00
1.2 1.60 1295.00
1.4 1.56 ' .350.00
1.6 1.54 400.00
1.8 1.53 . 430.00
2.0 1.51 450.00
2.5 1.50 550. 00
3.0 1.47 640.00
3.5 1.45 720.00
4.0 1.44 805.00
4.5. 1.43 875.00

Table 1. Stagnation Line Correlation of C*
with H and Rg,,-. :
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Because of this, all laminar boundary layer calculations are made using a two-
dimensional integral approach along external streamlines. The finite difference
method to be described in a following section can also be used to determine the
laminar boundary layer development but for the infinite swept wing case as will
be seen later it appears to be unnecessary for practical calculations.

The two dimensional method is an adaptation by Curle 7 of a method ]
developed by Thwaites 8. In Thwaite's method the momentum integral equation

de/dx = Cf/2 - (H+2)0/U(du/dx) 3.1
is written in the form

d/dx(k/0) = L/U | 3.2

where 2
‘0°/v (du/dx)

[L-K(H+2) ] ' 3.3
e/U(aU/ay)y -0 '

it

[
]

L}

Thwal tes used exact solutions to a variety of laminar flows to determlne
the relationship between L and K,

L = 0.45-6K ' 3.4
Curle has pointed out that Egn. 3.4 is not adequate in flows approaching
separation, and he has suggested an extension or correction to Eqn. 3.4 giving:
L = 0:45 -6 K+ g(K,n) 3.5

The parameter u is a function of both the pressure gradlent and the curvature
or second derivative of velocity.

o= KZU (dZU/dxz)/(dU/dx)z 3.6

Curle rewrote Eqn. 3.5 in the form

L = F, (K) - uGy(K) 3.7

where F; and G, are universal functions determined from a series of exact
solutions to laminar flows in the same way as did Thwaites for Eqn. 3.4.
After substitution of Eqn. 3.5 into Eqn. 3.2 and with subsequent integration,
the result can be rearranged in the form

X
02 = 0.45v/u° /ﬁ (1 + 2.22g) U° dx. 3.8
/.
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This equation is conveniently solved by iteration, g initially equal to
zero. With values of K and y determined in the first iteration. a second
iteration is carried out using Eqn. 3.7. At each step in the calculation
the local skin friction coefficient, C./2 and the shape factor H éan be
calculated using Eqn 3.3. The local sﬁin friction coefficient has been
defined as

C (u/pbU) 2 3.9

) f
where 2 in Eqn. 3.3 is determined in a similar manner to L from a series of
known solutions to give )

22 = o -ue ® 3.10

The functions Fg, F1, Gy and G; are tabulated in the computer program.
Calculations begin at the stagnation line in the swept wing case, with the
initial momentum thickness 8 given as a function of C%¥. If the flow is two
dimensional K takes a initial value K_ = 0.0855 at the stagnation point from
which the initial momentum thickness 66 is

o, = (.0855v/du/dx) L/ 2 3.11

The calculation proceeds either to laminar separation or to the end of
the airfoil whichever occurs first. The calculated boundary layer development
is then interrogated to determine if transition, laminar separation or forced
transition (boundary layer tripping) has taken place. If any of these phenomena
have occurred the downstream flow is assumed to be turbulent.

Turbulent‘Method

Several methods have been developed for the calculation of infinite swept
wing three dimensional boundary layers. Among the more useful of the methods
are those by Cumpsty and Head 9, Nash 10, and Bradshaw 5. Nash's method (a
finite difference procedure) is also applicable to fully three dimensional
boundary layers but in the words of the originator is cumbersome and inflexible
when applied to complex geometries. In practical cases the methods of Cumpsty
and Head and of Bradshaw appear to give similar results, with Cumpsty and Heads
method having a considerable advantage both in speed and convenience. Because
of this, their method was chosen for use in the viscous/potential flow interaction
program.

In developing their method, Cumpsty and Head chose an orthogonal curvilinear
system of coordinates based on the projections of external streamlines on the
surface. 1In this system streamwise turbulent boundary layer velocity profiles
resemble very closely two-dimensional profiles. When the streamwise profiles are
known the cross-flow velocity profiles can be calculated as functions of the
streamwise profiles and the angle between the surface streamline and the projection
of the external streamline on the surface (angle B).
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Cumpsty and Head wrote the streamwise and cross flow equations in integral
equation form as follows:

Streamwise Momentum Equation

36 ' 26 1 30
11 12 ] o0
—_— . + —_ - =
3s N Tas T s CTW O mhg (06K =02 Gu12)
Cross Flow Momentum Equation
20 a0 oU U
21 22 2 s K s - a0
- 2 s - s + -2K2— 8 3.13
s X Tas T U_ as 21 U_ 8s {6, (H¥1) +6,, } = 2K 72 8, (3-13)
= C /2
£,

where k= tan o.

Equations (3.12) and (3.13) contain several unknowns and before turbulent
boundary layer predictions can be made further relationships are required
between the streamwise and cross flow momentum thicknesses, the streamwise shape

factor H and the streamwise skin friction coefficient Cf.

Entrainment Equations

The fact that the streamwise velocity profiles are similar to two
dimensional velocity profiles led Cumpsty and Head to assume that the rate of
entrainment along a streamline in the infinite swept wing case could be deter-
mined using relationships developed for two-dimensional flow. This is a
credible assumption since the entrainment process is a function of the velocity
defect in the outer part of the boundary layer, a region where the streamwise
and two dimensional profiles are expected to agree most closely. Cumpsty and
Heads entrainment equation takes the form

8(8-8%) 083 30 1 Vg
—_ - % - 8% == _ = 1
3s T X 3s F o) + G0 ® T -5, 78 (3.14)

where Hy = (6—6?)/611_

The function F(Hl) is taken in the form presented by Head 11.

Hy = FE) (3.15)
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Likewise the expression relating Hl to the more usual shape factor H is also
given by Head. '
Hl = G(H) _ , (3.16)

The functions F and G in Eqns 3.15 and 3.16 can be analytically defined
as follows:

F(Hl) exp [-3.512 - 0.617 In (Hl—3)]. _ (3.17) -

G(H)

1l

3.3 + exp [0.4667 - 2.722 1n (H-0.6798) (3.18)

for H < 1.6 or

G(H) 3.3 + exp[0.4383 - 3.064 1n (H-0.6798) (3.19)
for H > 1.6.

Streamwise Velocity Profiles

Cumpsty and Head demonstrated that the streamwise turbulent boundary layer -
velocity proflles could be represented quite accurately by the two dimensional
velocity profile family derived by Thompson 12. The law of the wall - law of
the wake velocity profile family of Coles 13 gives results which are in good
agreement with Thompsons profiles and could e easily be used as an alternate
approach.

Cross Flow Profiles
The cross flow profiles have been specified by the simple relationship
between streamwise and cross flow velocities suggested by Mager 14,
v/u = (1 - ¢/6)? tang (3.20)
where B8 is the angle between the surface streamline (resulting skin friction
direction) and the projection of the external streamline on the surface, y is

the direction normal to the surface, and u and v are the streamwise and cross
flow velocities.
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Cross Flow Thicknesses

The cross flow thicknesses have been defined using a power law velocity
profile instead of one of the more complicated two parameter profile relation-
ships, in the streamwise direction. This approach greatly simpliiied the
definition of the cross flow thicknesses without any great loss in accuracy
The use or the power law relatiomship

wu = (o/s)ED/2 (3.21)

in Equation (3.20) gives the cross flow thicknesses as defined by:

* . - _ 2 4

62 = 611 D(H) tanB D(H) (H + Hl) T Hf3 + TS
' 1 4 1 4 .
= 0 . = - 1_ -

®12 11 J@) tané 5 JMH) = -EAH) |g-mr it Y@ T @S

6,, = O _ E(H) tanp ; E(H) = -(H + H,) L2, ] .

21 11 ’ 17 |lH  H+1  HH2 (3.22)

. ' 1 4 6 4 1

- e . — -— — — -

®92 11 C(H) tang 5 C(H) HE+H) |5~ 51 P a2 H+3 t 5

Skin Friction Coefficient

The streamwise skin friction coefficient is determined using Thompson's
two parameters skin friction law although here again Cole's skin friction law
could also have been used. The relationship is of the form

Cfl= f(H, Rg) and is given as Cf = exp (AH + B) (3.23)

where 3

01952 - .3868Z + .02834Z% — .0007%

19151 - .8349Z + .06259z% - .00195323

&=
|

In Rell

The cross flow skin friction coefficient_sz is then determined from Ce

sz = Cf1 tanf and the resultant skin friction coefficient Cf as Cf = Cf /cosB.
, 1

29



Calculation Procedure

With initial values of 6 and H known either from the laminar boundary
layer calculation or the staghation line initial conditions Equations 3.12, 3.13
and 3.14 are integrated using standard integration procedures. The parameters
6 1’ H and B in conjunction with the skin friction coefficient, and the cross
flow thicknesses are determined along streamlines as functions of the known
pressure distribution. '

The streamwise free stream velocity U_ and angle a are determined as shown
in the sketch, also shown is the angle g8, fthe angle between the projection of

the external streamline on the surface, and the resultant skin friction direction.

U = (U 2 v 2)1/2
s e e
_ sina0
A A
U, . 8 Tw
V =10 sina
e © o

The sum of the two angles o and B is continuously monitored during the
calculation. If this sum reaches 90 the flow is completely spanwise and
by definition turbulent separation has occurred. - The calculation is stopped
at this point.

Boundary Layer Transition and Laminar Separation

Boundary layer transition is a very complex phenomenon and to date no
reliable theoretical method has been developed for its prediction. Reynolds
number is a controlling parameter, but it has been shown that the Reynolds
number at transition can be increased a considerable amount by careful v
elimination of disturbances. At very low Reynolds numbers, laminar boundary
layers are stable to small disturbances, however, at higher Reynolds numbers
the boundary layer is unstable, and small disturbances can be amplified.
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Amplification of these disturbances cause the flow to become turbulent. The
point at which flow break down occurs depends on the strength and dominant
frequency of the initial disturbance., Disturbances may be due to freestream
turbulence, surface roughness, noise or vibration of the surface. As there
is no detailed analysis of the transition process, transition prediction is
accomplished by means of empirical correlations. Granville 15 has developed
a procedure based on the determination of the neutral stablility point and
the transition point. The neutral stability point is defined as that point
downstream of which small disturbances are amplified within the boundary
layer. It is this amplification of small disturbances that ultimately leads
to transition. The neutral stability point is reached when the Reynolds
number based on the local momentum thickness and the local flow properties
attains some critical value, Rg, . :.Schlichting and Ulrich (Ref. 16) have
shown,that Rg, can be correlated with the local pressure gradient parameter
K = 8°/v(dU/ds)S Correlations by Smith 17 and others have been reduced

to analytical form as follows: '

Instability Curves

K = =-0.4709 + 0.11066 1n Re
-0.0058591 ln2 Ré (3.24)

for 0 < Rgy . < 650

and K = 0.69412 - 0.23992 1n Re
2

+ 0.0205 1n Re (3.25)

for 650 < Rg, _ < 10,000.

If for a given R_ the pressure gradient parameter K as calculated by
Eqn. 3.24 or 3.25 is greater than that determined by the boundary layer
development the flow has passed from a stable to an unstable region. Once
the flow passes into the unstable region, the transition process begins,
and Granville has been able to show that a correlation similar to the instability
process can be used to determine the transition point.

Granville formed an average pressure gradient parameter K defined as

fstrans
: K ds
s

= ins
K = =3 . (3.26)
trans ins
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which correlated reasonably well with the momentum thickness Reynolds number
at transition Re This correlation is presented in analytical form as
follows: trans

Transition Curves

K = -0.0925+ 7.0 x 10> Rg (3.27)
for 0 <Ry, <750,

R = -0.12571 + 1.14286 x 102 Rg (3.28)
for 750 < Ry < 1100 ,
trans —

and K = 1.59381 - 0.45543 In Rg+ 0.032534 ln2 Rg (3.29)

for 1100 < Rg____ < 3000.

When the K calculated by one of the above expressions for a given Ré is
greater than the value determined from the boundary layer development,
transition is predicted.

With transition predicted, initial values of the momentum thickness ©
and the shape factor H are required to start the turbulent boundary layer
calculation. Because the boundary layer growth is continuous the momentum
thickness at transition is used as the initial turbulent momentum thickness.
Since the shape factor varies from values greater than 2.0 to less than 1.5
through the transition region an empirical expression is used to determine the.
initial turbulent shape factor. The empirical relation between H and Retrans
was determined from data obtained by Coles 18: '
1.4754

e = LOglo + 0.9698 (3.30)

- H
Retrans

In many cases the pressure gradient is of sufficient strength to
separate the laminar boundary layer prior to tramsition. Except in extreme
cases the boundary layer will then reattach, usually as a turbulent boundary
layer. Only recently have researchers been able to analyze this phenomenon
(Ref. 19) and as yet the procedure is extremely complicated and cumbersome,
consedﬁzhtly empirical relationships are still required. From the measurements
of Gaster (Ref. 20), and others a correlation is formed which is capable of
predicting both the occurrence of separation and later the reattachment as a
turbulent boundary layer or the catostrophic separation.
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The correlation is of the form:

K = 0.027 - 0.0007575 Ry - 0.000001157 R62 (3.31)

for RB > 125
and

K = -0.09

for Ry < 125. . ' (3.32)

If K becomes less than -0.09 separation occurs, and if R, 1is less
than 125 the boundary layer is not able to re-attach. However, if Ry 1is
greater than 125 the value of K determined by the boundary layer development
must be less than that calculated by Egqn. 3.31 before separation without
reattachment is predicted. "If reattachment is predicted, the turbulent
boundary layer calculation is initiated using the momentum thickness calculated’
at the separation point.
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Finite Difference Boundary Layer Method -

On elements of a high lift configuration where the flow field is
particularly complex, such as in the region where the wing wake mixes or
interacts with the flap upper surface, integral boundary layer methods are
not capable of completely analyzing the flow. A more satisfactory method can be
developed using finite difference methods. Such a method is described in the
following paragraphs.

Governing Equations

The governing equations of mean motion for three-dimensional incompressible
flow in a general system of curvilinear orthogonal coordinates are:

oh oh 2 5%h

o s L du odu W du, u 1 w 1 _ W 3
hl da B h3 % h1 a8 h1h3 3y hlh3 3o
(3.33)
1 3P 1
= “ohisa T T
1
B.ﬁahl +ﬁ__ah3=i£ (3.34)
hl 2 hy 38 p 38
s v, Bw JL.QE.+ - 3h3 L 3h3 ) u2 ahl
hl da 3B h3 Ay h1h3 da h3 3B hlh3 3y
1 3P 1
= e c——— o — Ve 3.35
sy ay T e Ty (3.35)
Continuity Equation
(h pu) + — (h h pv) + — By (hlpw) =0 . (3.36)
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The shear stress terms in Egqs. (3.33) and (3.35) are:

oh
1 .1 9 2 KENA'S w_139 .E.)
S (V) = o | {hphae 5 (h ) }] + (h (3.37)
13 1 1
3h h
1 1 9 2 2 \ 3 9 2v 1 1 Bu
= (v =—-[—-<hhu— ——)]+\)—-——— ——)——-———_——-—
o) Y phlh3 9B 13" 9B <h3 ) aB 9B (h3 hl 3y hl 3o
3h, oh 5h, oh y
e A i S R Rt S (3.38)
h2h Y 3B h2h2 3y 3y
13 13

If a practical three-dimensional high-lift system is considered where it can
be assumed that curvature effects in the spanwise direction are negligible
compared to the normal chord direction, a surface coordinate system can be
employed, where

w
[
Q
=
1
-
+ .
=
<

1 k = £(x)
y::B h2=l
z=y hy =1

where k 1is the longitudinal surface curvature.

The equations can then be written in the following form:

L u Buw, du, B, wk _ 1 9P, 3 (3w, k 3u
¥ Ty ax Voy T V32 T Ty o(1+ky) ax T ¥ 3y (3y> VTG 3y
2
)
- uv_(l+ky (3.39)
2
oPe 1z
s =5 .40y
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u oW ow 8& 1 3P 3 [ow vk 9w
: — —= - = = — =) + == 3.41
z: l+ky 9x tv dy tw dz p 9z *v y (3y> 1+ky 3y ( )
Continuity

-ﬁ; (ou) + g% [ (L+ky)pv] + g%-[(l+ky)pw] =0 (3.42)

Equations (3.39) to (3.42) represent the laminar boundary layer equations in
incompressible flow. The corresponding equations in turbulent flow are:

; ,_uw du o %u_ du uwk 1 3P
X Ty oax ¢ ¥ 3y 3z | 1+ky b (1+ky) 3x

b e}z ow )
dy 1 y u'v' 1+ky l 3y u'v'l

2
-k, 2u '(_EL_) 3.43
Ty - ¥ 3y - VY \THky (3.43)
u'k 1 3P
y Ty ~ o 3y (3.44)
,_woow, aw, ow__1op, 3l au_
2 THky ax dy 3z p 9z 3y l dy  v'w' |’
k ow ' ]
1+ky [“ay _‘v'w'J 4 (3.45)

The continuity equation is unchanged. The terms u'v' and v'w'

represent the Reynolds stresses in the normal chord and spanwise directions.

The shear stress term u'v' 1is represented by the expression

arvT TV, (Buféy - uk/1+ky) - (3.46)

where v, is the eddy viscosity, which in this case is determined using a two
dimensional model. Then, if the shear stress vector is considered to be aligned
with the rate of strain vector (Nash and Patel (21)), the eddy viscosity in the
"2" direction may be determined from the expression
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- (3.47)

or the equivalent form

Ve = Vg (3.48)

Eddy Viscosity Model

The eddy viscosity model used in the calculation procedure is a modification
of one developed for two-dimensional turbulent boundary layers and wall jets
over curved surfaces (Ref. 22). The basic two layer model consists of inner and
outer regions. The inner region profile is calculated using the modified .
Van Driest relation

Uwnil2
2 ]
v (y) =27 |1 - exp —(Zir) |%§ (3.49)
where
L = 0.435y
v
w = fe)
A = £ (dP/dx, vw)

The outer region eddylviscosity profile is determined from the Eddy
Reynolds number (uq o/v¢) and the intermittency function (y(y)). formulations
described in Reference 22. These functions are combined to give:

v (y) = (ugo/€) v(y) (3.50)

where the velocity scale ug and the length scale ¢ (standard deviation of
the intermittency function vy) are known functions of the shape factor H and
the displacement thickness 6* for conventional boundary layers.
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The extension of the eddy viscosity model to the mixed flow case
associated with slotted flaps is based on observations made of the develop-
ment of walls jets exhibiting both velocity maxima and minima in the profile

(see sketch).

In the region below the velocity maxima
(Region A) the conventional eddy viscosity
model is used to describe the flow. The
outer region of the profile .(Region C)
represents the remnant of the upstream -
boundary layer having a large value of
the shape factor H. Measurements of the
standard deviation of the intermittency O
indicate that an asymptotic value is
approached at high values of H. Similar
behavior is observed for the velocity
defect Ug. By employing the asymptotic
values of © and Ug in the Eddy Reynolds
number relation u c/vt, a third layer is
established which when joined to the conven-~
tional two layer eddy viscosity profile
provides a completed eddy viscosity model.

Wall jets exhibiting only a maximum
in velocity have been studied by many
researchers. Measurements of the stand-
ard deviation ¢ of the intermittency
function y for these flows allow
predictions to be made of the eddy
viscosity in the outer region of the
profile (Region B of sketch). The
velocity defect Uy in this case is
simply Upsx - Ue. Region A is again
described using the conventional boundary
layer model for the eddy viscosity. '

38

: Ue _

Region C

Umin

Region B \
Unax —

Region A

u ——




The slotted airfoil (passive blowing) case results in velocity profiles
which are very similar.to:. those for tangential injection; profiles with
velocity maxima in the case of the leading edge slotted slat, and profiles with
velocity maxima and minima for slotted flaps. As a consequence it was assumed
that the same eddy viscosity approach as developed for tangential injection
could be applied to the slotted airfoil case. The initial velocity profile for
the slotted case is shown in Figure 3.2, Two factors make the problem slightly
different from the tangential injection case. These are:

(i) With slotted configurations, the persistence of the potential
core, and

(ii) on the flap surface the possibility of considerable laminar flow
at least to the suction peak.

Consequently the flow may consist of a laminar boundary layer, above which is
a potential core. Above the potential core is the remmnant of the cove and
upper surface turbulent boundary layers of the wing or preceding flap segment.
To account for the presence of the laminar boundary layer and the potential
core, the eddy viscosity is set to zero in these regions, 1In the potential
core region the remaining viscous terms are negligible in comparison with the
inertia terms, resulting in_a form of Bernoullis' equation. Three different
eddy viscosity distributions are possible depending on the flow regime

(Figure 3.3). '

The inclusion of curvature terms is essential to the success of the cal-
culation method as is the necessity of including the static pressure variation
in the direction normal to the airfoil surface. In regions away from the wing
trailing edge — flap leading edge Eq. (3.44) is adequate; however, if the afore-
mentioned region is of interest, then a pressure field P(x,y) in the two-
dimensional and infinite swept wing case or P(x,y,z) in the full three-dimensional
case must be prescribed. The pressure field above the individual flap surfaces
is determined directly from the known induced velocity field.

Once the eddy viscosity distribution, the surface curvature and the pressure
field P(x,y) are known, Eqns. 3.43, 3.44 and 3.45 can be solved in conjunction
with the continuity equation. In the present calculation all spanwise gradients
have been neglected. The resulting equations are solved using a modification of
the Crank - Nicholson procedure (23) first described in Ref. 24,

The initial velocity profile is determined by. combining known or assumed
velocity distributions in the wing trailing edge — potential.core region.
The integral method (IBL) is used to calculate the boundary layer development
to transition or to some point on the flap surface downstream of the wing trailing
edge if transition takes place in the slot region., The calculated integral
parameters at the slot exit are then used to detérmine the laminar or turbulent
boundary layer velocity distribution and thickness. If the flow is laminar, the
laminar boundary layer profile on the flap upper surface is represented by a
Pohlhausen polynomial. If the flow is turbulent, Thompson's velocity profile
family is used to calculate the velocity distribution.
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FIG. 3.2 INITIAL VELOCITY DISTRIBUTION FOR A SLOTTED
AIRFOIL CONFIGURATION

40



FLAP LAMINAR B.L. FLAP TURBULENT B.L.

POTENTIAL CORE POTENTIAL CORE
WING OR WING OR | TURBULENT SLOTTED
| I FLAP WAKE | FLAP WAKE FLAP B.L.
! I I .
Lo | p
I | ||
I I |
| { |
| | [
I I 11
old | . L .
0 0 0
y— y — Y —

FIG. 3.3 POSSIBLE EDDY VISCOSITY PROFILES ON A
SLOTTED FLAP

41



The potential core velocity distribution is determined from the calculated
off-body pressures (P(x,y))., The wing lower surface boundary layer profile
is represented by a power law profile, while the Wwing upper surface trailing
edge velocity profile is determined using Thompson's velocity profile family
(12) and the values of H, Re and Cp at the wing trailing edge.

Aerodynamic Forces

The aerodynamic 1lift coefficient for a given configuration can be
determined in several ways. For closed trailing edge airfoils, the most
accurate procedure involves summing the individual vortex sheet strengths.

N .
r = z Yy (3.51)
v i=0
from which
- 2T '
CL = U_c (3.52)
where
I' = circulation about airfoil
Y; . = vortex strength of ith singularity
Um = freestream velocity
C = reference chord.

When the airfoil trailing edge remains open Eqn. 3.5l does not necessarily
give the correct circulation even though the vortex distribution is a valid
solution for the given boundary conditions. The pressure distribution deter-
mined from the vortex distribution is in very poor agreement with experiment
(see Figure 3.4). Consequently it has been found that more satisfactory
pressure distributions can be determined from the expression

_ 2 2
CPi = 1 u; =W, (3.53)

The 1lift is then determined by integration of the pressure coefficients
about the airfoil.
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The flow model used to represent open .trailing edge airfoils is.being
reviewed., It is possible that with the Kutta condition Y, ="M a small
amount of circulation inside the airfoil gives rise to non-zero tangential
velocities inside the airfoil and consequently vorticity strength which is

greater than if the flow inside the airfoil was stagnant.

Pitching moment characteristics are determined as follows: It is
presumed that incremental resultant pressure forces act at the center of
pressure of a small panel of a prescribed length. Consequently, the pressure
force times the moment arm to some reference point gives the increment in
pitching moment for that point. The sum of the incremental pitching moments
for each calculated pressure gives the pitching moment for the system,

The profile drag is determined for a streamwise section of the infinite"
span wing by using the Squire and Young drag formula (25).

/u.) (3.54)

The streamwise momentum thickness 6 s’ velocity U_ and shape factor H
are used in Eqn. 3.54. The skin friction® drag coeffici®nt is determined
by the summation of the local skin friction forces in the drag direction.
Pressure drag is determined by taking the difference between profile drag
and friction drag.

s

CALCULATION PROCEDURES

All of the calculation methods, potential flow and boundary layer, are
incorporated into a single computer program. The calculation sequence is
outlined below:

(i) The potential flow pressure field is computed for a multi-
element infinite swept wing configuration (consisting of up to four elements,
a leading edge slat, the main airfoil, and a double~slotted flap).

(ii) The boundary layer properties are then computed for each element
of the configuration as a function of the potential flow pressure distribu-
tion. Included in these calculations are the locations of transition or
laminar separation and turbulent separation, if present.

(iii) Source distributions are determined to represent the displacement

effects of the boundary layer on each element and of the wing wake-flap
boundary layer interaction.
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(iv) A new potential flow solution is then computed taking into account
the source distribution computed in step (iii) above.

Steps (ii) through (iv) are-repeated until convergence (based on the pressure
distribution and lift coefficient) is achieved, or until the case is abandoned
for reasons such as large separation zones. Lift, drag and pitching moment
coefficients are then calculated for the given configuration. The approach

is illustrated in Figure 4.1.

The actual program overlay structure is given in Figure 4.2. The main
supervisor program has been called VIP (for viscous/potential flow interaction).
This program directs the overall flow of the calculation. The other programs
include POTFLOW (potential flow), IBL (integral boundary layer method,

INSPAN (infinite span finite difference method, and FELDPT (field point
calculation for off-body pressures).

CALCULATIONS AND DISCUSSION OF RESULTS

The ultimate test of any analysis method is in how well does it predict
actual aerodynamic performance. This can be determined in the case of potential
flow methods by comparison with exact solutions; for boundary layer methods,
the usual recourse however, is comparison with experiment. Evaluation of the
overall viscous/potential flow interaction analysis can also be made only
through comparison with experiment. The comparisons that follow represent a
cross—section of the possible configurations that can be treated by the analysis
method.

The potential flow method developed as part of the contract effort has
been compared with several exact potential flow analyses. Of considerable
interest is the comparison for the highly cambered Karman-Trefftz airfoil
shown in Figure 5.1. Hess (27) has used this case to demonstrate the degree
of agreement between his new method and other classical methods. It is there-
fore encouraging to note that our analysis is in almost total agreement with the
exact case in comparison with other methods. A second comparison with an
- exact solution is for the two element slotted flap airfoil configuration of
Williams (28). Here again agreement between the numerical approach and the
exact solution is excellent (Figure 5.2). )

Two calculations have been included to demonstrate some of the capability
of the finite difference boundary layer method in two-dimensions (see Ref. 22).
The effect of longitudinal surface curvature on the boundary layer development
is shown in Figure 5.3. It will be seen that when curvature effects are ignored
the calculation is in poor agreement with the data. The calculations shown in
Figure 5.4 demonstrate that velocity profiles typical of those found on the
upper surfaces of slotted or blown flaps can be predicted quite accurately.
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Calculations were made for a series of angles-of-attack for the new
NASA GA(w)-1 airfoil. Comparisons were made with the NASA measurements and
with calculations made by Morgan (29) using the Lockheed program. The
results are shown on Figures 5.5, 5.6 and 5.7. Both methods give excellent
agreement with experiment in comparison with measured 1lift and pitching moment
coefficients (Figure 5.5). At the higher angles-of-attack the source method
appears to be in better agreement with experiment. In all cases however the
Lockheed program is in slightly better agreement with experiments in the
trailing edge region in the prediction of pressure coefficients. In the
present program (VIP) the pressure coefficients are calculated on the original
airfoil surface, and it is believed that if the pressures are determined
at off-body points defined by the displacement thickness that improved agreement
with experimental préssures will result. This procedure will be tried at a
later date. Measured and calculated drag polars are shown in Figure. 5.6.
No allowance has been made for trip drag or separation effects in the calcu-
lations although these are present in the measurements. Calculated and measured
pressure distributions are compared in Figure 5.7. Currently neither theo-
retical approach is capable of predicting the effects of separation present in
the measurements. A further set of calculations were made for the NACA 23012
airfoil. Comparisons between theory and experiment for lift coefficient versus
angle-of-attack (Figure 5.8) and lift versus drag (Figure 5.9) are in good
agreement.

The multi-element prediction capability of the program is demonstrated in
Figures 5.10 through 5.14. The first case considered is that of the NACA
23012 airfoil with a 25 percent chord slotted flap (Ref. 30). As shown in
Figure 5.10 the present method is in better agreement with experiment than
is the Lockheed program. It is believed that the use of a finite difference
boundary layer method including the effects of curvature and normal pressure
gradients results in an improved physical representation of the flow in the
wing trailing edge-flap upper- surface region. This in turn results in an
improved prediction of the circulation about the complete configuration when
viscous effects are included. Similar conclusions can be drawn from the results
of Figure 5.11 for the NACA 23012 configuration having a leading edge slot
and a slotted flap (Ref. 31).

The NACA 64A010 airfoil with leading edge slot and a double slotted flap
(Ref. 32). is considered in Figure 5.12, Also shown for comparison are the
results for the same configuration from the Lockheed program, The comparison
is similar to that of Figure 5.11 in that the greatest difference between
the two results is in the prediction of the' pressure distribution for the
main element. It is believed that the difference is a result of. the way in
which the two programs treat the mixing between the main element and the
double slotted flaps.
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A second and considerably more challenging case has been investigated
using the same basic four element geometry, In.this example the slot and
double slotted flaps are positioned in a landing configuration  ( 6'1 e =
- 26.10, & = 52,7"). Two problems have been encountered at s
this time anapthey will require further study. The first problem centers on
the iterative procedure for solution of the influence coefficient matrix.

Each element is initially analyzed in isolation with respect to its neigh-
boring components. Interference effects are then determined and the analysis
continued until convergence is achieved. The problem arises when interference
effects are added to the slot loading (initially strongly negatively loaded
because of the negative angle-of-attack), and change the loading to strongly
positive 1ift. The result is a divergent solution. Another possible difficulty
with the configuration analysis may be with the method of solution. Linearly
varying vorticity methods do not have a strong diagonally dependent matrix as
in the case of- constant source panel methods. Iterative methods of solution
rely to a considerable extent on the strong diagonal for their success. More
work is definitely needed in the area of fast reliable solution techniques.

When the problem with the iterative solution was encountered, the direct
technique was used to obtain the inviscid pressure distribution. As a result
of a very high suction peak in the trailing edge region of the upper surface
of the main element (probably due to the very high camber effect resulting
from the highly deflected flaps) the starting velocity profile to the finite
difference program had unacceptably high velocities. More work is needed to
resolve this problem. :

The RAE 2815 configuration tested by Foster (33) consisting of a main
element and a single slotted flap has been considered in Figures 5.13 and 5.14.
The comparisons in Figure 5.13 include measurements and calculations for two
configurations. The spike in pressure measured by Foster is not duplicated
by NASA Ames, nor is it reproduced in the calculated pressure distributionms.
This has a marked effect on the velocity profiles shown in Figure 5.14.
Although the initial velocity profiles are in reasonable agreement, the
different pressure gradient conditions experienced by the measured and
calculated boundary layer developments results in quite different downstream
profiles. It is interesting to note, however, that the aerodynamic load
comparisons shown in Table 2 are in generally good agreement. Comparisons are
also made for the RAE 2815 configuration having a drooped leading edge, and a
slotted flap deflected 30 degrees. All comparisons were at 9  angle-of-attack
and at a Reynolds number of 3.8 million.
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Table 2 - RAE 2815

Flap Configuration CL CL CD CD
: meas. Calc. meas. Calc.

10° flap

.025C Gap 1.897 1.885 .0222 .025
10° flap _

.015C Gap 1.84 1.835 .0203 .024
30° flap

.020C Gap 3.40 3.56 8 .05 - .06 5 .065

The infinite swept wing capability of the program is considered in Figures
5.15 through 5.19. Calculations have been made for comparison with Cumpsty and
Heads measurements (Ref. 34) on a 61.1° swept wing. Unfortunately the con-
figuration tested had a large region of separated flow on both the upper and
lower surfaces. As shown in Figure 5.15 the measured and calculated pressure
distributions are in reasonable agreement in the forward section of the airfoil
although the separated flow greatly modifies the pressures in the trailing edge
region. The predicted streamwise momentum thickness variation is in good agree-
ment with experiment away from the separation region as shown in Figure 5.16.
The comparison between predicted and measured values of the angle g is good
only in the region far removed from separation, while the predicted shape
factor H 1is in poor agreement with experiment (Figure 5.17). The behavior
of H 1is a result of much larger calculated pressure gradlents than exist in
the-experimental case.

Figures 5.18 and 5.19 represent the results of calculations for the RAE
2815 airfoil flap configuration swept 25. degrees. The pressure distribution
resulting from 5 iterations of program VIP is shown in Figure 5.18., Also
included are the calculated aerodynamic 1ift drag and moment coefficients for
toth the 25 degree and zero degree cases. In this comparison the 1ift and moment
coefficients are reduced slightly, while the drag as a result of the increased
streamwise distance is considerably greater for the swept wing. Flap trailing
edge streamwise and cross flow velocity profiles are shown in Figure 5.19. For
this particular case the cross-flow profiles on the flap upper surface are very
small, a result both of the moderate sweep angle, and the moderate loading on the
flap. .
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PROGRAM LIMITATIONS

Although it is believed that the calculation procedure and computer program
is capable of analyzing a wide variety of airfoil configurations, limitations
both in theoretical methods and due to program structure restrict the range
of application. These limitations include restriction to:

- Infinite swept wings consisting of at most four elements two of
which can be slotted flaps. ’

- Incompressible flow; although the pressure distributions are
corrected for Mach number effects using Gotherts rule,

- Small regions of separation. Although the source method lends
itself readily to the development of a separated flow model, the
current model does not have this capability (as apparent from
the results of Figure 5.15), If separation is predicted the exist-
ing approach is to simply extrapolate the source strength to the
trailing edge of the airfoil.

Oscillations in 1lift occurred in early calculations having predicted
regions of separation. It was finally determined that this was due to un-
acceptably large source strengths at the trailing edge of the airfoil.

A numerical experiment demonstrated that monotomically convergent solutions
can be obtained if the maximum value of the source strength at the trailing
edge of single element airfoils be limited using the criterion

:qmax = 0.115 - 0.01 (ITR-1)
where 1 < ITR < ITRMAX
For configurations having slotted flaps the maximum value of q currently
allowed in the program is 0.15, In all cases analyzed to date the behavior

~ of the lift coefficient has been a monotonic decrease with increasing number
of iterationms.,
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CONCLUSIONS AND RECOMMENDATTIONS

The viscous/potential flow interaction program described in this report
employs potential flow and boundary layer procedures which are currently
unique to this method and it is believed that because of this the analysis
represents a considerable advance on other methods of its type. The program
in its present form is applicable to a wide variety of problems, in particular,
to the infinite swept wing case. There is however considerable scope for
extension to a general three-dimensional wing calculation procedure.

Specific conclusions regarding each of the major components of the program
are given in the following paragraphs.

" - The vortex lattice potential flow method developed for this program
is an accurate numerical approach, adapted for two-dimensions, from a
general three dimensional lifting potential flow method developed by one of
the authors. The extension to the three dimensional case is therefore relatively
straightforward.

~ The integral boundary layer method used for single element airfoils
and currently on all but the flap upper surfaces in the multi-element mode,
is quite accurate, as witnessed by the good drag prediction capability. At
the same time the method uses only a fraction of a second of computer time
per boundary layer development.

The inclusion of curvature and normal pressure gradient effects in the
finite difference boundary layer method enables complicated boundary layer
flows to be represented more accurately than is possible by other procedures
now available. Tt is believed that the improved physical representation of
the flow over slotted flaps is responsible for the greater degree of agreement
with experiment than is achieved by other methods.

- The use of sources to represent the displacement effects of the boundary
layer on the potential flow, while not necessarily more accurate a procedure
than the direct employment of the displacement thickness, has two distinct
advantages. The first advantage is in the computational superiority of such a
procedure. The influence coefficient matrix need by inverted only once, with
succeeding iterations requiring only matrix multiplication. If one is ever
to contemplate a viscous/potential flow interaction program applied to general
three dimensional airplane configurations such a procedure will be almost
mandatory. The second advantage is related to the modelling of separated flow
regions in a potential flow analysis by distributed sources. It has been
demonstrated in the literature that such an approach is possible, and it is
recommended that one of the first extensions of the present program should
be to include separation effects. The program would then be capable of
predicting Cz as a function of Reynolds number.

max
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Another useful extension to the program would be the inclusion of
compressibility effects in the boundary layer development. Even at low free
stream Mach numbers the high suction peaks experienced by a slot or main element
of a high lift system can lead to compressibility problems.

With some "modification the finite difference boundary layer program
module can be used to predict the effect of tangential blowing or boundary

layer suction in the overall context of a viscous/potential flow interaction
method for high lift systems.
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APPENDIX I

POTENTIAL FLOW THEORY

The potential flow theory is used to derive the influence of constant
and linear distributions of sources and vorticity on planar two dimensional
surfaces. Consider an elementary line source or line vortex located at a point
£ on the x axis and perpendicular to the x, z plane. In incompressible flow,
the magnitude of the velocity induced by either singularity at an arbitrary

point P(x,z) is given by:
Ve oo B ¢H)

where
1

d = [@-6)°+ 2]

The geometry is illustrated by the following sketch:

Z T w Vs
P u
d
d Vv
dy
\O
0 t c ~» X

For an elementary source, the velocity V is in the direction of the line
joining & and P, while for an elementary vortex, the velocity V  is
perpendicular to this line. The horizontal and vertical components of velocity
corresponding to the line source or vortex are given by:

, _ Z
wo=u o= V31n6> = 7 - (2)
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u = - = Vcosh = 3 : 3)

The contribution of a constant distribution of sources or vortices along the
X axis is obtained by integrating equations (2) and (3) from 0 to c.

o]
W o=u = de
s W )2 + 22
- L lean™ 2 _ tan? z %)
c .
1 (x-£) dE
u = -y = o= | e
s - v 2m (x—£)2+ Z2
(s}
- - % log [z’ | (5)
Vil s 12 + 22

The effects of compressibility may be obtained by applying Gothert's Rule,
with 8 = v1-M2

_ _ 1 -1 Bz -1 Bz
wo=u = oo ltan Te - tan = (6)
: 22
1 (X-—c)” + Bz .
u = - —= log (7)
s 2mB \/XZ + B2 2
. 2 2 2
and 2 B8 /(x—c) + B
w =-=-B"u = — log (8)
v ) 2m \/ <2 4 82 2

For a source or vortex distribution varying linearly with k%, with zero strength
at the origin and unit strength at X = ¢,
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=L 210 /Qx—c) + 22 - E-Itan_1 Z. tan—1 —E—] (9
“2m c g &2 + 22 - c v X X-C
c
C oy o L[ EGe®) de
us - wv T 2me .[ 2

o (X-E)z + z

-1 1+£[tan-l£_tan-lL + X 10g _/E;Ci_ti (10)
. 2w c X x-c J c /x? + ZZ

Compressibility effects are obtained as before, i.e., by multiplying =z and
wy, by B, and dividing ug by 8.

A source or vortex distribution having unit strength at the origin, and

zero strength at X = ¢, can be obtained by subtracting the previously derived
linearly varying distributions from the constant distributions.
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APPENDIX II

SOLUTION OF BOUNDARY CONDITION EQUATIONS

For single or multi-element airfoils, the boundary condition equations ‘can
be solved by direct inversion. For multi-element airfoils, use can also be
made of a rapidly convergent iteration scheme reported in Reference (35). In
this method the matrix is subdivided into smaller partitions, or blocks, with
each block representing the influence of one element of the multi-element air-
foil. The diagonal blocks represent the influence of the elements on themselves,
the off-diagonal blocks represent the interference of one element on the others.
The order of any block is restricted to 60, the maximum number of panels on the
upper and lower surface of the element.

The initial iteration calculates the source and vortex strengths
corresponding to each block in isolation. For this step, only the diagonal
blocks are present in the aerodynamic matrix. Once the initial approximation
to the source and vortex strengths is determined, the interference effect of each
block on all the others is calculated by matrix multiplication. The incremental
normal velocities obtained are subtracted from the normal velocities specified
by the boundary conditions. This process is repeated 15 to 20 times, or until
the residual interference velocities are small enough to ensure that convergence
has occurred. '

The procedure is illustrated below for an aerodynamic matrix consisting
of nine blocks. The unknown singularity strengths are designated v,, the
specified normal velocities Ci' J

To solve
Ay Y5 5 4
vhere Aig T M1 Az A
Boy By By
Ay B3p A
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Put

Therefore

or

[

D+ E

First approximation:

Calculate

Second approximation:

Similarly,

Note that

ACT

- [ay o o]
0 Ay 0
0 0 Asq
L -t
(D + E] {y} = {c}
-1
{y} =D~ [C-E {y}]
_ {y}'1 =7t (c}
act = E {Y}l
{y}2 -p ! {c-ach
approximation:
L pt (c-
-1 -1
D= A 0
-1
0 Ay,
0 0’
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APPENDIX III

PROGRAM MACRO FLOW CHARTS

The general program overlay structure of each overlay is described
briefly in the following paragraphs and flow charts. *

OVERLAY (0,0) Program VIP

Program VIP controls the entire computer program (Figure Al). All
primary overlays are called from VIP. Overlay (0,0) also contains other
subroutines which are commonly used in the other overlays.

OVERLAY (1,0) Program POTFLOW

Program POTFLOW controls the lofting of the configuration, the calculation
of flap surface curvature, the calculation of the potential flow pressures, as
well as the calculation of the lift and moment coefficients.

OVERLAY (2,0) Program IBL

Program IBL controls the integral boundary layer analysis from the
calculation of initial conditions along a stagnation line to the turbulent
boundary layer analysis. The program logic flow is shown in Figure A3.

OVERLAY (3,0) Program INSPAN

Program INSPAN controls the infinite swept wing finite difference boundary
layer analysis. The overlay calls two secondary overlays, OVERLAY (3,1) Program
BOUNDRY (Figure A4) and OVERLAY (3,2), Program DEVELOP (Figure A5). Program
BOUNDRY initializes the grid network normal to the flap surface upon which the
finite difference method is applied. Normal chord and spanwise velocity prefiles
are initialized in preparation for the analysis.

Program DEVELOP controls the actual calculation procedure used in determining
the downstream development of the boundary layer.

OVERLAY (4,0) Program FELDPT

Program FELDPT calculates the off-body pressure distributions P(x,y) for
input to INSPAN. B

* Program input/output discription and a complete program listing is given in '
Reference 36. '
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DATA

INPUT
POTFLOW : GEOMETRY LOFTING
—Pp| POTENTIAL |@=—Pp FLAP
AL AT ION CURVATURE CALCULATIONS

NO MATRIX
> INVERSION

SOURCE
il wor | gy
SURFACE | .
TR N FLAP DISTRIBUTION (€=
; FROM_THE
CALCULATED BOUNDARY LAYER
YES ~ DEVELOPMENTS
LIFT, DRAG | CALthJIEZTTES "

AND OFF-BODY L—p INTERGRAL (=P
MOMENT PRESSURES BOUNDARY
SUMMARY up%zERsG'RéXCE LAYER ANALYSIS |

INSPAN
FINITE
EXIT DIFFERENCE
BOUNDARY
LAYER ANALYSIS

FIG. A1 OVERLAY (0,0) PROGRAM VIP
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GEOMETRY INPUT ——p ROTATE

LOFTS GEOMETRY AND
CALCULATES FLAP SURFACE

CURVATURE
CALCULATION OF
AERODYNAMIC INFLUENCE |
COEFFICIENTS '
SOLVE
CALCULATES PRESSURE
COEFFICIENTS AND LIFT
AND MOMENT COEFFICIENTS
1 TR\ NO
>1
YES
SORTR PARTIN
ISOLVE \\ NO
SOURCE —P| DIRECT
STRENGTH « >0 SOLUTION
ARRAYS _
YES - i
INVERT
DIAGIN [P |\VERTS
i MATRIX
ITRATE
ITERATIVE
SOLUTION
p v
v .
LIFT . *;”—L
: RTS PRESSURE
C_ & Cy = DISTRIBUTION FOR | RETURN

BOUNDARY LAYER
CALCULATION

FIG. A -2 OVERLAY (1,0) PROGRAM POTFLOW
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BOUND < DATA
DIRECTS INPUT
PROGRAM FLOW
NO A YES
, \\>V }
NIT

I
STAGN{G\TION"

_ LINE
CALCULATION H;6;
LAMINAR '

CALCULATES .
B'(_)ACJAIQIIBJ Ay NO <>
A 5
A7 < 1.3x 10
DEVEL OPMENT

J YES

TRCALC TRANSIT INSTAB

TRANSITION - TRANSITION - INSTABILITY
CALCULATION SEARCH POINT

v

TURB

TURBULENT (g

BOUNDARY

LAYER
CALCULATION

DRAG | PRINTER

CALCULATES |

FR'li:ﬁIE)N peeep{  PRINT OUT  fmmeeep!  RETURN

PRESSURE OF BOUNDARY ‘
AND PROFILE LAYER

DRAG PARAMETERS

FIG. A3 OVEﬁLAY {2,.0) PROGRAM IBL
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DATIN
Hi 8 Cf_
AND U;
FROM Vip

y

VELIN -
INITIAL SLOT
PROFILE COUPLED
TO WING OR FLAP
UPPER SURFACE
T.E. PROFILE

'

PCALC

CALCULATES
SURFACE PRESSURE
GRADIENT AND

ANGLE @

;

WRITE
CALCULATES
INITIAL NORMAL
CHORD AND
SPANWISE VELOCITY
PROFILES FROM
INITIAL STREAMWISE
PROFILE

'

RETURN

FIG. A -4

NO

VELCAL

CALCULATE
VELOCITY
PROFILE ON
WING T.E. AND
FLAP UPPER
SURFACE IF B.L.
IS TURBULENT

YES

READ LAST
PROFILE OF
1ST FLAP.

OVERLAY (3, 1) PROGRAM BOUNDARY
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DATAIN

INPUT DATA AND
‘PARAMETER
INITIALIZATION

v

VINPUT

INITIAL NORMAL CHORD
AND SPAN WISE

VELOCITY PROFILES

>

CFCALC

SKIN FRICTION
CALCULATION

v

EXIT

NASA-Langley, 1974

THICK

LOCATES EDGE OF
BOUNDARY LAYER

v

DERIV
CALCULATES
VELOCITY GRADIENTS
du/dy

v

SHAPE

CALCULATES H, 8,6
FOR REGION
BELOW UMAX

v

PFIELD
CALCULATES
dpix, ¥)

& |y-ovs
AND U INVISCID

EXTRAP
LINEARIZE PROBLEM

EDDY

CALCULATES
EDDY VISCOSITY

v

VVEL
CALCULATES
V VELOCITY

v

COFISH
DETERMINES
COEFFICIENTS FOR
SYSTEM OF LINEAR
EQUATIONS

v

MATRIX

DIRECT SOLUTION OF
BANDED MATRIX

v

TEST
COMPARES u-
TO CALCULATED u

;

OPTION

ADJUSTS Ax
ON BASIS OF

TEST

YES

NO

BY ESTIMATING
u' IN 9

dx

PRINT
OUTPUT SUMMARY

" FIG.A-5 OVERLAY (3, 2) PROGRAM DEVELOP
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