General Disclaimer

One or more of the Following Statements may affect this Document

e This document has been reproduced from the best copy furnished by the
organizational source. It is being released in the interest of making available as
much information as possible.

e This document may contain data, which exceeds the sheet parameters. It was
furnished in this condition by the organizational source and is the best copy
available.

e This document may contain tone-on-tone or color graphs, charts and/or pictures,
which have been reproduced in black and white.

e This document is paginated as submitted by the original source.

e Portions of this document are not fully legible due to the historical nature of some
of the material. However, it is the best reproduction available from the original
submission.

Produced by the NASA Center for Aerospace Information (CASI)



PR

RZPORT NO. CASD-NAS75-012
CONTRACT NAS8-31010

(NASA-CR-120658) SPACE TUG AVIONICS N75-2706C
DEFINITION STUDY. VOLUME 4: SUPPORTING

TRADE STUDIES AND ANALYSES Final Report,

Jul. 1974 - Mar. 1975 (General Unclas
Dynamics/Convair) 188 p HC $7.00 CSCL 22B G3/19 29795

SPACE TUG AVIONICS DEFINITION STUDY
FINAL REPORT

VOLUME IV + SUPPORTING TRADE STUDIES & ANALYSES

GENERAL DYNAMICS
Convair Division




REPORT NO. CASD-NAS75-012
CONTRACT NAS8-31010

SPACE TUG AVIONICS DEFINITION STUDY
FINAL REPORT

VOLUME [V + SUPPORTING TRADE STUDIES & ANALYSES

April 1975

Prepared by
GENERAL DYNAMICS CONVAIR DIVISION
P.0. Box 80847
San Diego, California 92138

Prepared for
National Aeronautics and Space Administration
GEORGE C. MARSHALL SPAGE FLIGHT CENTER -
Huntsville, Alabama




FOREWORD

This final report on the Space Tug Avionics Definition Study was prepared
by General Dynamics, Convair Division for the National Aercnautics and
Space Administration's George C, Marshall Space Flight Center in accord~
ance with Contract NAS8-31010, The study was conducted under the direc-
tion of NASA Cortracting Officer Representative, Mr, James L. Newcomb,
and deputy COR, Mr, Maurice Singley.

The study resulis were developed during the period from July 1974 to
March 1975, The final presentation was made at NASA/MSFC on 3 April
1975. Principal Convair contributors to the study were:

Maurice T, Raaberg Study Manager

Carl E, Grunsky System Task A Leader
Richard A. Shaw
William A. Robison
Edward J. Beveridge Communications

Guidance, Navigation, & Control

Chuck R, Botis Electric Power
Ron N, Roth Power Distribution
Biliy R, Lutes Interfaces
Michael J, Hurley Rendezvous & Docking Task B Leader
Lou G, Tramonti Flight Mechanics
Edward J, Beveridge Data Management Task C Leader
Bruce A, Gurney DMS
Lou A, Saye Checkout Task D Leader
James A. Burkhardt Insirumentation -
Frank E, Jarlett Simulation/Demonstration Task E Leader
Lee E. Bolt Cost/Programmatics

i

Norman E, Tipton Safety & Reliability

Eric Makela
Requests for additional information should be addressed to:

Mr, James I, Newcomb
Space Tug Task Team, PF02
Marshall Space Flight Center, AL 35812

QEWTIS JON INVTE OVd ONTFHAA

iii



TABLE OF CONTENTS

Section

1 SUMMARY AND INTRODUCTION

2 GUIDANCE, NAVIGATION, AND CONTROL SUBSYSTEM
2.1 UPDATE ACCURACY REQUIREMENTS ANATYSIS
2.2 UPDATE TECHNIGUES TRADE
2.2.1 ILT System
2.2.2 Horizon Sensor -
2.2.3 One~Way Doppler
2.2.4 Comparison of Methods
2.2,5 Conclusions
2.3 IMU CONFIGURATIONS OPTIONS
2.4 TVC CONFIGURATION

3 COMMUNIC ATIONS SUBSYSTEM
3.1 LINK REQUIREMENTS ANALYSIS
3.2 ANTENNA SYSTEM EVALUATION
3.3 TRANSPONDER OPTIONS TRADE

4 ELECTRICAYL POWER TRADE STUDIES

POWER REQUIREMENTS ANALYSIS
PAYLOAD POWER AVAILABITITY ANALYSIS
SFDA Requirements

1US/Tug Interface Compatibility Study Data
POWER QUALITY EFFECTS

POWER PLANT OPTIONS SYNTHESIS
Batteries Versus Fuel Cells

Fuel Cell Options

Peripherzl Equipment Comparison

POWER SYSTEM OPTION TRADES

veight Comparison
Reliahility/Redundancy

Dual Fuel Cells

Interface Sensitivity

Performance Versus DDT&E Cost
Recommended Development Plan

Growth Potential

Baseline Electrical Power System
AVAILABLE ORBITER POWER VERSUS
REQUIREMENTS

.
-

o

- -
- - L)
0O ~3 @ U 0 Do CO DO =

PR PR R R R R R R

Page

2-12

3-~1
3-3
3-8

41

4-2
4-2
4-4
4-6
4~8
4-8
4-9
4~-14
4-19
4-19
4-19
4~21
4-22
422
4=24
4-24
4-26

4-28




Section

TABLE OF CONTENTS, Conid

4,7 EMERGENCY BATTERY REQUIREMENTS
4.8 POWER DISTRIBUTION AND CONTROL

RENDEZVOUS AND DOCKING

FUNCTIONAL ELEMENTS

SENSOR TRADES

Sensor Candidate Synthesis

Radar (2-30 cm)

Long Wavelength Infrared (LWIR) Sensors
Ladar Sensors

Television

s

by 2 B i B ) B 1 ) I |
G 1 DD

Spacecraft

%]
o

[ By S ) |
» o e g
(- .V

FEASIBILITY DEMONSTRATIONS
Overview

Operational Scenario

Simulator Overview

Simulator Software

Simulator Hardware

Simulation Ministudies

Docking Feasibility Demonstration
Coneclusion

e

B

My ST R v B B s 7 1 I
00 ~3 G U LN

o

SUBSYSTEM SELECTION TRADE
Spacecraft Acquisition Confirmation
Spacecraft Traclking

Spacecraft Ranging, Preinjection
Spacecraft Ranging, Postinjection
Spacecraft Inspection

Alignment to Spacecraft Docking Axes
Closure and Docking

CONC LUSIONS

L] L] - L]
. & .
=] B O ¥ QO o M

Chth Gt Gt ¢

The Practicality of Solar Hlumination of Target

GN&” SUBSYSTEM CAPABILITY ASSESSMENT
AND CANDIDATE SUBSYSTEMS SELECTION
Rendezvous and Docking, Direct Ascent Approach
Rendezvous and Docking, Phasing Orbit Approach
Summary and Candidate Subsystem Selection
REMOTE-MANNED RENDEZVOUS AND DOCKING

AUTONOMOUS SUBSYSTEM ANALYSIS AND

5~11
5-13
521

5-23

5~28
5-29
5~35
5-36

5-38
5~39
5~40
5~42
5~44
5~-47
5-48
5~50
§~52

5-63
5-55
5-56
5-56
5-57
5-68
5~58
5-59
5-69




Section

6

TABLE OF CONTENTS, Contd

DATA MANAGEMENT SUBSYSTEM

6.1 COMPUTER REQUIREMENTS ANATYSIS

6.1.,1 Software

6.1.2 Processing Speed

6.1.3 Architecture

6.1.4 Safety/Reliability Redundancy

6.2 COMPUTER OPTIONS

6.3 SOFTWARE REQUIREMENTS ANALYSIS

6.4 SYSTEM REDUNDANCY MANAGEMENT
TECHNIQUES

TUG CHECKOUT

7.1 CHECKOUT PHILOSOPHY TRADE

7.2 TEST REQUIREMENTS, SUPPORT, AND ALLOCA-
TION TRADE

Test Requiremengs’

Support Requirements

Allocation

ONBOARD CHECKOUT IMPLEMENTATION
OPTIONS

7.3.1 Status as a Driver

7.3.2 Mainfenance as a Driver

AVIONICS INSTALTLATION

8.1 AVIONICS EQUIPMENT LIST
8.2 INSTALLATION OPTIONS TRADE

SENSITIVITY ANALYSES

MULTIPLE PAYLOAD ACCOMMODATION
Requirements

Avionics System Implementation
Cost Elements

Conclusions

AUTONOMY LEVEL SENSITIVITY
Introduction

Autonomy Definitions

Subsystem Analysis

Cost Comparisons

Conclusions and Recommendations

3 =3 -1 -7
to DO MO I
o M

w
L.
el ol

-
- - )
B 00 D =

LY
»

a 8
s 0 ho

NMNM.NIN}HI—‘

vii

Page
6~1

6-1
6-1
6-3
6-3
64
6-6
6-12

6-17
7-1
7-1

7-4
T-4
7-4
7-12

7-13
7-13
7-15

8-1

8-1
8-5

9~-1

9~-1
9-1
9-1
9-8
9-3
9~q
9~d
9-4
9-4
9-13
9~14




Figure

[
DY = -1 o5

4-10

4-11
4-12

4-13
4-14

4~15
4~16
4-17

2oy

LIST OF FIGURES

Page
Baseline Synchronous Mission — Payload Placement 2~1
Position, Velocity Update Requirements (1) 2-4
Position, Velocity Update Techuniques 2~5
Interferometric Landmark Tracker (ILT) 2-6
One-~Way Doppler 2-7
Thrust Vector Control Diagram 2-13 g
Communication Requirements for Tug 3-3 o
Communications Downlink Requirements 3-4 .}

Commun:zations Uplink Requirements 3
Antennz Evaluation 3
Directive Antenna System Candidate 3
Pattern Coverage for Fixed Directive Antennas 3-6
Spherical Coverage for Multiple Phased Array Antennas 3
Payload/Tug Interface Requirements 4
Cumulative Summary of Payload/Tug Interface

Requirements . 4-5
Space Tug Power Quality Requirements 4~6
Effects of External Parameters on Power Plant

Voltage and Qualify 4-7
Potential Power System Options 4~10
Power Source Options Selected for Analysis 4-10
Bageline Supercritical Storage (Typical Each Reactant) 4-11
Baseline Tug Supercritical Storage Weight Penalty 4-12

Low Pressure Modification — Orbiter Type — Periph-

eral Equipment (with Redundancy to Meet 185-hour

Reliability ¢ .9981) 4-13
Thermally Infegrated Lightweight Type Peripheral

Equipment (with Reundancy to Meet 185-hour

Reliability (>.9991) 4-18

Modified Orbiter and Supercritical Storage —

Redundancy Management 4-15

Low Pressure Fuel Cell Redundancy Management

(Modified Orbiter or Lightweight) 4-16

Orbiter Technology Fuel Cell Baseline Thermal Control 4-18
19781980 Lightweight Fuel Cell Baseline Thermal

Control 4-18
Reliability Apportionment 4-19
Inferface Sengitivities 4-22
Power System Options Trade 4-~23

TTON WNFrTer mrngy T mwﬁnquRﬁJEDING PAGE BLANK NOT FILMED

Ty




Figure
4-18

4-19
4~20
4-21

5-5
5-6

5-7
5-8
5-9
5~10
5-11
5=12

5-13

5-14

5~15

5-16

5-17
5~18
5-19

5=20
5-21

LIST OF FIGURES, Contd

Thermally Integrated, Lightweight, Elecirical Power
System Development Plan

Thermally Integrated Power System

Cargo Bay Power Sources/Uses

Electrical Power Distribution and Control Functional
Division and Control Hierarchy

Functional Elements of Rende zvous and Docking
Expected Detection Ranges of Candidate Radars

Transmitter Power to Radar System Weight Relationship

of Aireraft X-band Radars

Transmitter Power to Radar System Weight Relationship

of Operational Aircraft Ku-band Radars

Operation Aircraft Radar Reliability Experience
Rendezvous and Docking Subsystem Autonomous
GaAs SLR Candidate

CO, Iedar ,

Tricolor Laser Diodes Docking Sensor

Reticle for Determination of Target Roll Angle

Effect of Sun/L.OS Angle on Target Intensity
Cylindrical Target Geometry

Effect of Sun/LOS Angle on Minimum Intensity of
Cylinder as i. Function of Ratio of Length to Diameter
Minimum Target Intensify as a Function of At = lOp’ti-
mum Acquisition Time - Actual Acquisition Time)|
with Target at Synchronous Altitude

Comparison of field Determination and Analytical
Prediction Demonstrates Aceuracy of Visual Mag-
nitude Prediction

P72-2 Spacecraft

Air Force P72-2 Satellite Signature (0.4-0. 74 m)

a3 Viewed from Three Different Aspect Angles During
60-degree Pass

Gross Rendezvous Mission Profile (Direct Ascent to
Geosynchronous Orbit)

Selected Target Relative Trajectory Parameters, Direct

Ascent fo Orbit Insertion ‘Geosynchronous Mission)
Tracking Uncertainty

Long-Range Tracking Approach

A Conceptual Explanation of Range Determination
Via Kalman Filiering

[T —— T e e e i — e s e

Page

4-25
4-27
4~29

4-31
5~1
5=17

5-8

9-15
5-18
5~-20
5-21
§~24
5-24

5-~24

5-25

5-25
526
5-26
5«28
5~80
5-31

5-32

5-38

A N




LIST OF FIGURES, Contd

Figure Page
5-22 Autonomous Navigation Rendezvous Capability

(Direct Ascent to Geosynchronous Aliitude) 534
5-23 Sensor Capabiities Versus Target Range 5-84
5-24 Terminal Rendezvous Profile, Phasing Orbit Approach 5-36
5-25 Sensor Options Study Summary Updaie 5-37
5-26 Convair's Rendezvous and Decking Simulation Study

Area 5-39
5-27 Frame-by~Frame Communication System Concept 5~40
5-28 Supervisor's Control Station 541
5-29 Remote, Manned Docking Procedure 5-42
5-30 A Realistic Composite Can Be Built from Separate

Images (Convair's Existing Visual Display Simulator) 5-43
5-31 Docking Control Law (Five~Stage Least~Squares Fii

Tlustrated) 5-45
5-32 Centaur-Type Reaction Control System Schematic 5-46
5~33 APS Installation Geometry 5-46
5-34 Rendezvous and Docking Simulator Hardware §5-47
5-35 Carriage Camera Vertical Drive 5-48
5-36 Remote Supervisor's Congole, Convair's Simulation

Study - 5-49
5~37 Spacecraft Acquisition Ministudy 5~-49
5-38 Spacecraft Tracking and Ranging Ministudy 5-50
5-39 Typical Computer Output from Docking Simulation 5-51
540 Baseline Rendezvous and Docking Subsysiem 5-54
5-41 Rendezvous and Docking Summary Study 5-60
6-1 DMS Minimum Redundancy Requirements 6-4
6-~2 Evaluation of Redundant Computer Options 6-b
6~ Redundant Computer Weight and Power Comparison 6-6
G-4 Computer Technology Spectrum 6-8
6-5 Computer Level Redundancy Configuration 6~11
6-A Dual Redundant Configurations Based on the D¥'224

Modular Computer 6-12
6-7 Development of Software Estimate 6-13
6-8 Memory Size Selection 6-14
6~9 Language Recommendation 6~-16
6-10 Fauli-Tolerant Computer Redundancy Management 6~18
7-1 Test Implementation Philosophy 75
7-2 Software Support 7-12
7-3 Total Software Support Versus Mission Phase 7-12
-4 Checkout Software Allocation - 7-13

xi,

A1 B A RS T

I\

T Sy P




Table

2-1
2~2
2-3
2-4
3-1
3-2
3~3
4-1
4-2
4-3

LIST OF FIGURES, Contd

Page
Onboard Checkout Implementation Options 714
Maintenance Required Data 7~16
Maintenance Implementation 7-16
Space Tug Aviouics Equipment Installation 8-9
Two Kilowatt Electrical Peak Power Thermal Limits
(During Spacecraft Checkout and In Orhit) 9-3
Baseline Communications Subsystem 9-7
Baseline DMS Subsystem 9-8
Baseline GN&C Subsystem 9-10
Rendezvous and Docking Subsystem Autonomous
Candidate 9~-11
Rendezvous and Docking Subsystem Man-in-the~Loop
Candidate 9-12

LIST OF TABLES

Page
3¢ Errors at Synchronous Orbit Due to Initial Conditions 2-2
IMU Accuracy Requirements (1o) 2-3
Position, Velocity Update System 2~8
IMU Characteristics 2-11
Phased Array Anfenna System Specifications 3-7
Antenna System Trade 3-10
Transponder Trade 3-11
Electrical Power Requirements per Flight Phase 4-2
Payload Assignments 4-4
Tug Electrical Power Requirementis for Payload
Accommodation 4~-6
Energy Requirements by Mission Phase-Geosynchronous
Placement and Retrieval Mission (164 hours) 4-~9
Baseline Tug Power System Options (pounds) 4-20
Redundancy Required to Meet Reliability Goal
(R 2 0, 9991 for 185~hour Mission) 4-20
Summary Costs, Fuel Cell System Options Trade 424
Battery Selection (Silver Oxide/Zinc Batieries) 4~30

xii




Table

6-5
7-1
T2
-3
T-4
T~B

7-86
7-7

8-2
8-3

9-1
9-2
9~3

9-5

LIST OF TABLES, Contd

Stawdard Conditions for Sensor Performance
Calculations

Sensor Performance and Cost

Sensor System Characteristics

Representative Simulation Results

Primary/Backup Alloeation

DMS Computer Requirements

Configurations to Raise Processing Speed Capability
to Level of Tiequirement

Characteristics of Candidate Computers

Analysis of Redundant Low Development Computer
Configurations

Summary of Redundancy Techniques Utilized
Elemeris Undergoing Functional Tests

Elements Undergoing Status Verification Tests
Elements Undergoing Safety Monitoring

Elements Undergoing Calibration Tests

Elements Undesgoing Maintenance Datz Acquisition
Monitoring

Elements Undergoing Inifiaslization Tests

Elements Undergoing Tests

Space Tug Avionics Equipment List - Baseline System
Tug Avionics Mounting Groups

Avionics Equipment Mounting Data — Supplement {o
Table 8-1

Tug Impact Bummary Avionics

Levels of Autonomy — Space Tug Definitions
Autonomy Requirements Matrix for Levels I and IIL
Tug Software Estimate Comparison

Autonomy Cost Summary — Airborne Associated
Costs Only

xiii

Page

5-3
54
5-4
5-51
5-53
6-2




ATX

INERTIAL
MEASUREMENT UNIT

STAR TRACKER

-

TV CAMERA

L GUIDANCE,

& CONTROL

NAVIGATION

LASER RADAR

RENDEZVOUS
& DOCKING

DATA
MANAGEMENT

COMPUTER

lcomm UNECATIONV
)

. ’//
- PHASED ARRAY
TRANSPONDER

FUEL CELLS

ELECTRICAL
POWER




SECTION 1
SUMMARY AND INTRODUCTION

Tn the course of the Avionics Definition Study, many analyses and trade studies
were performed for the evaluation of the most desirable solutions to subsystem
requiremenis. These were accomplished at system, subsystem, and at com-
ponent levels within the major task groupings of the Study Plan. The purpose
of this volume is to record and to explain the criteria, the candidate options
evaluated, the selection process, and the recommended solutions that have been
integrated together in the configuration descriptions of Volume TI of this Final
Report, For purposes of clarity and to relate the trades properly to the hase-
line Avionics System, this Volume IV has been organized by subsystem encom-
passing in each section the pertinent trades/analyses for that technical area.

Significant trade recommendations and conclusions that are discussed in the
following sections inclndes
Guidance, Navigation and Control

Navigation update is esservtial for the Tug irrespective of IMU choice; and,
a moderate accuracy IMU 's adequate.

The laser gyro dedecahedron IMU is a low cost, low risk selection for
meeting the requirements.
Commumications

Link demands are greatest for the downlink telemetry and involve high data
rates up to 160 Kbps, assuming maintenance data and/or remote TV are to
be sent to ground stations.

A lower risk and flexible solution for Communications includes three
transmit~only steerable phased arrays, two hemispherical antennas, and
dual Orbiter type transponders.

Electrical Power

Dual lghtweight fuel cells, thermally integrated with the ofher Tug subsys-
tems, are superior,

An emergency battery to furnish 40 minutes of Tug operation is a backup
" to the redundant fuel cell, providing addifional safety. '

1-1
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Rendezvous and Docking

LLTV has been demonsirated to be a feasible docking sensor for remote mamed
operation, Present study resulis lack sufficient depth to make a final selection of
the Rendezvous and Docking Subsystem,

Data. Management Subsystem.

The 1978 technology SUMC internally redundant compute. !s recommended in the
face of evolving Tug requirements, The essential flexibility ean be provided,

Software development and maintenance can henefit materially from the adoption of -
a higher order language of the HAL type. ’
Tug Checkout

The general Tug checkout ph:losophy is Condl’cmn ‘Monitored Maintenance with
preflight testing,

Extensive Tug onboard checkout capabilii.y is recommended.

Avionics Installation

. Avionics system weight, 898 pounds (404, 1 kilograms), has survived the many
internal subsystem changes from the MSFC baseline, and is w:.thm less than 10
pounds (4.5 kilograms) of the original value. :

A preliminary layout of the avionies equipment around the periphery of the payload
support structure has been generated,

Sensitivity Analyéis
Multiple payloads can be handied with only very minor adjustments fo the accom~
modations for single Tug payloads.

Operational autonomy will be driven primarily by the support requirements for
ground support of rendezvous and docking, The baseline Tug avionics can be
operated either af Level T or Level II with minor deletions from the baseline,
Recommended autonomy ccmtmues to-be Level Il minus, '

=
5

Ouiputs of the trades have been utilized to update the original MSFC configuration of
MSFC. 68M00039-2 progressively throughout the Avionics Definition Study. Volume I .
presents the latest updated configuration representhag the trade conch_smns of the

total study. :

| ‘Generally, the contmued recomm«endatmn of 1978 technology solutmns appea:es to be .
‘cost effective against the Tug mission requirements. This should permit further evo~
Tution of- subsystem designs as the Tug. vehxcle development: progresses, .and the real
world problems ave move fully understood. ‘NASA has been making s;gmfma.ut progr:ess
in the Tug related technology aveas with existing laboratory projects, and the continuity
. of these is essentlal to ensurmg Tug program success and mprovements for the ﬁlture,

', 1—2




SECTION 2
GUIDANCE, NAVIGATION, AND CONTROL SUBSYSTEM

2.1 UPDATE ACCURACY REQUIREMENTS ANALYSIS

Before the update accuracy requirements could be ascertained, it was necessary {0
analyze the basic Inertial Measurement Unit (IMU) performance on a reference mis-
aion, The reference _hosen was the synchronous mission, as this is one of more
difficult for the guidance system because of its long duration. In addition, the syn-
chronous equatorial mission represents a large percentage of the anticipated Tug
missions and is one of the best defined, Therefore, it was used for all guidance sys-
tem error analysis,

Figure 2-1 shows this baseline mission to spacecraft deployment. After separation
from the Orbiter, the Tug performs a main engine burn to inject it into the phasing
orbit, The maximum Tug phasing orbit, 2.9 hours, was used for the baseline. After
one orbit in the phasing orhit, another main engine burn is executed to inject the Tug
into the fransfer orbit to synchronous altitude. After the five hour coast in the trans-
fer orbit, synchronous altitude is obtained, the Tug main engine circularizes the
orbit, and the spacecraft is deployed.

MANEUVER 3, APOGEE BURN
{APPROXIMATE CIRCULARIZATION

& PLANE CHANGE)}~—. PRIMARY TRANSFER

TRAJECTORY

GEOSYNCHRONOUS
ORBIT

{NJECTION REQUIREMENTS

POSITION 9 NMmI Tor
VELQCITY T1FPS 1o

INITIAL PHASING ELLIPSE

MANEUVER 1, INJECTION INTO
INITIAL PHASING ELLIPSE
{PLANE CHANGE EXAGGERATED)

MANEUVER 2, INJECTION INTO
PRIMARY ASCENT ELLIPSE

{PLANE CHANGE EXAGGERATED)
1 REF AFTER MANEUVER 1

Figure 2-1, Baseline Synchronoug Mission — Payload Placement




To determine the best way to meet the 3¢ Tug synchronous injection requirements of
27 n.mi. (50 km) and 33 ft/sec (10 m/s), an error analysis was performed with errors
only in initial attitude, position, and velocity. The results, which are equivalent to
using a perfect IMU, are shown in Table 2-1. Note that even with good initial condi~
tions and a perfect IMU, the Tug position requirement cannot be met. Therefove, a
position and veloeity update is required just to meet the Tug injection requirements,

Table 2~1. 3¢ Errors at Synchronous Orbit Due to Initial Conditions

Synchronous Synchronous
Position Error Velocity Error
Item Magnitude n, mi. (km) ft/sec (m/s)
Initial Alignment 72 arc sec 6, 5 (12} 2.8 (0.858)
(349 u radians)
Initial Position 0.3 n. mi, 22,6 (42) 1.9 (0.58)
(0. 56 kkm)
Initial Velocity 3.75 ft/sec 46. 5 (86) 4,1 (1.285)
{1.14 m/s)
Tug Requirement ‘ 27 (50) 33 (10}

Although initial attitude errors do not cause too large an exror during ascent, an
attitude update system is required to bound the attitude error caused by gyro drift,

To meet the pointing accuracy requirement of 0.2 degree (0. 00349 radian) throughout

a 160 hour mission without an attitude update, the gyro drift must not exceed 0. 001
degree/hour (17.5 1 radians/hour). This performance can only be approached by using
a large, complex electrostatic gyro system. And, of course, the navigation system
regquires better attitude than 0.2 degree (0. 00349 radian) to perform accurate naviga-
tion. Therefore, an attitude update system is also required to meet Tug requirements
with reasonable IMU gyro performance.

Having established the requirement for update systems, the next problem is to deter-
mine how accurate an update system and IMU are requirved, For a medium aecuracy
MU and typical update system performance, it was observed that the performance of
the position and velocity update system is the dominant error source. This is shown
in Table 2-2, Sensitivity of the navigation update to the time of the update is given in
Figure 2-2 for several update system accuracies. As shown, it is desirabie to per-
form the update as close to the synchronous apogee as possible, This allows the

Rl



Table 2-2, IMU Accuracy Requirements (1 o)

Position Error*  Velocity Error#

Error Source Value n.mi. (km) ft/sec (m/s)
Axis 144 arc sec 0.07 (0. 13) 51 (1..8)
Misalignment (698 u radian)

Accelerometer 100 pug 0.05 (0.08) 1.7 (0.83)
Bias

Acceleromester 60 ppm 0.01 {(0.02) 0.26 (0. 08)
Beale Factor

Gyro Fixed 0.1 deg/hr 0. 09 (0.17) 3.0 (0.93)
Drift (0. 0017 rad/hr)

Gyro Scale 55 ppm 0.01 (0. 02) 0,24 (0. 07)
Factor

Update Velocity 3.75 ft/sec 7.6 (14.1) 5.0 (1. 6)
Aceouracy (1. 14 m/s)

Update Position 1.4 n. mi, 1.9 (3. 9) 0. 8 (0. 25)
Accuracy (2. 6 km)

Total (RSS) ' 7.8 (14.5) 7.9 (2.41)

*Agsumes position, velocity update 3 hours before injection and attitude update
15 minutes before injeciion.
**Meets injection aceuracy requirements of 9 n.mi., 11 ft/see (17 km, 3.3 m/s).

sensors to accumulate the maximum amount of data with which to ealculate the Tug
position and veloeity. Also, the later the update is performed, the less sensitive the
injection errors are to IMU performance. However, an early update is desired to
allow an efficient midcourse correction to be performed. An update time of three
hours before the apogee burn with an update accuracy 8. 75 ft/sec (1.14 m/s) and

1.4 n,mi. (2.6 km)} can meet Tug injection requirements. These are the position and
veloeity updates accuracies used in Table 2~2,

The following sections, 2.2 and 2,3, describe the navigation update systems and IMU's

that can meet these requivements. It should be noted that in the IMU area the require-
ments are met by almost any of the systems presently available. Therefore, adding
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30 30
UPDATE ACCURACY

3.75 FPS, 0.3 NMI UPDATE ACCURACY

3.76 FPs, 1.4 M N/

75 FPS, panme 375 FPS, 0.3 NMI

20— VAN 20/~ 275 FPS, 1ANMI
INJECTION INJECTION 7.5FPS. D3 NMY /
POSITION REQUIREMENT VELOCITY
m:ct;mcv ACCURACY
M1

{FPS)

1a 10

0 1 2 3 4 5 [ ]

HOURS BEFORE APOGEE BURN HOURS BEFORE APOGEE BURN

Figure 2-2. Position, Velocity Update Requirements (1 0)

the update systems not only made it possible to meet Tug mission requirements, but
also allowed the relaxation of the IMU requirements so that highly reliable, low cost
IMU's with moderate aceuracy could be considered. The laser gyro IMU is in this
category.

2.2 UPDATE TECHNIQUES TRADE

Ag discussed, a navigation update is needed to meet Tug requirements., The update
techniques can be ecaiegorized as either direct or indireect. Direct systems provide
position and velocity information with a minimum of Tug onboard computations.
Ground tracking and navigation satellites are examples of direct navigation update
systems (see Figure 2~3). The ground tracking system performs all the required
measurements and calculations on the ground and sends the Tug its position and
veloeity, Navigation satellites can provide data from which the Tug can easily calcu-
late its position and velocity.

Indirect systems require a considerable Tug onboard computation on many sensor
readings. One-way Doppler can provide one component of Tug velocity immediately,
but to obtain all components, many sitings must be used. After many readings are
obtained, a Kalman filter can be used to determine position and velocity, The
Interferometric Landmark Tracker (ILT) and horizon scanner are similar in that they
both provide earth attitude information. The ILT measures the direction to a radar
station while the horizon scanner effectively measures the direction to the center of
the earth. Ii the vehicle inertial aftitude is known, this data can be input to a Kalman
filter and, in time, the complete vehicle orbit can be caleculated. This can perhaps
be best visualized in low orbit, where the horizon scanner gives the direction fo the
center of the earth, As indjcated in Figure 2-3, this vector allows the vehicle
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Figure 2-3. Position, Velocity Update Techniques

longitude and latitude to be caleculaied. After several of these position updates, the
complete orbital parameters can be calculated., The ILT sysiem, which provides
vectors to known landmarks, similarly aliows the Tug orbital parameters {o be calcu-~
lated. Although this technique is best visualized in low orbits, it can be used on any
orbit.

Except for the ILT system, all of the indirect position and velocity update systems
require an accurate inertial reference, On Tug, this is provided by the star tracker
and sun sensor working with the IMU, The ILT system can also provide attitude
information. However, a good initial estimate of the Tug attitude is required or the
ILT system will not converge. To maintain all attitude capiure and minimize the
complexity of the ILT system implementation, Tug attitude update from the ILT was
considered as a backup capability only.

The direct navigation update systems are ground tracking and navigation satellites.
Ground tracking requires no additional equipment onboard, since the communications
system provides the transponder required to track the Tug. The ground station caleu-
lates the Tug orbit from the tracking data and transmits the orbit to the Tug. A navi-
gation satellite update would require the addition of a four channel L~band correlation
receiver. Output of this receiver would go to the Data Management System (DMS})
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computer where the Tug position would be calculated. By taking several readings of
the position data from the satellite, the Tug velocity can be caleulated,

Indirect navigation update systems studied were ILT, horizon scanrers, and one-way
Doppler. The ILT requires an array of four antennas and a four channel receiver, as
shown in Figure 2-4, Four antennas receive signals from the same, uncooperative,
ground hased radar., By comparing the phase (time) difference between the four sig-
nals, the angular direction of the radar station can be determined. Since any three
channels are sufficient to determine the piich and yaw componenis, a fourth channel
provides improved accuracy and redundancy.

2,2,1 ILT SYSTEM, The ILT system is planned for the use of a seiected set of gsbout
400 8~band radars. The frequency and location of these radars will be stored in com-
puter memory. As the Tug passes over a station, the computer will tune the ILT to
the station frequency. ILT output will then be used to improve the computer's present
position estimate, If the ILT data is grossly different than expected, or if several sig-
nals are received, the data will be rejected. If no signal is received, the computer
will initialize the ILT to look for the next station. There is adequate rf power in these
radars to update from backlobe signals in low orbits. At higher altitudes, mainlobe
aud sidelobe signals may be required. With mainlobe signals, the system is usable
beyond 100, 000 n.mi. (185,200 km), Due to station maintenance or on high altitude
missions, data may not be received from all stations. Analysis has shown that over
half of the stations can be down without significant performance degradation.

OPERATION ILT HARDWARE

STAR SENSORS
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- INTERFEROMETRIC
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Figure 2-4. Interferometric Landmark Tracker (ILT)
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2.2.2 HORYZON SENSOR. Horizon scanners use a mechanical sean of infrared
sensors to detect the earth's horizon. By scanning in two axes, the direction of the
earth's horizon in both pitch and yaw can be obtained. By bisecting the angle between
the horizons, the direction of the earth's center can be determined. The pitch and yaw
components of this earth vector are then outputs to the DMS,

Only the edge tracker type of horizon scanner is capable of operating at synchronous
altitude. The edge tracker has four sensors equiangularly spaced and with small
fields of view. The detector fields are moved in and out until each sees equal amounts
of earth and space during osciliation., This edge discontinuity is then tracked by each
sensor,

2.2,3 ONE-WAY DOFPLER. One-way Doppler methods require a Doppler receiver
that extracts the rf carrier received by the communications subsystem from a ground
station. As shown in Figure 2-5, by comparing the rf carrier to a very precise clock,
the Doppler receiver can determine the Tug velocity relative to the ground station.

To meet the accuracy requirements, both the Tug and the ground station must have a
very accurate time reference. The relative velocity obtained from the Doppler re—~
ceiver will be sent to the DMS computer, which will have a catalog of ti 3 location
the properly equipped ground stations. As the Tug passes over each one, a velocity
measurement will be obtained. After several measurements, an accurate descri stion
of the Tug orbit can be calculated.

DMs
TUG A
VELOCITY
R . . COMMUNICATIONS
i aTowic yi DOPPLER je| SUBSYSTEM
i cLoc REC
| REF EIVER PHASED ARRAY

e L T e

ket e e s e

DEDICATED RADAR
STATION WITH ATOMIC
CLOCK FREQUENCY
REFERENCE

Figure 2~5. One-Way Doppler 1]

2-7

¢




2.2,4 COMPARISON OF METHODS, Table 2-3 compares the anticipated perform-
ance of different position/velocity update systems in 1978, Ground tracking offers
good position data and adequate velocity data with minimal airborne equipment cost,
since the baseline communications system includes all the equipment required for
ground tracking, However, ground tracking provides limifted coverage and entails
congiderable operational complexity., The resiricied coverage on escape missions
or on high inclination orbits may prevent an update when needed before the critical
return engine burn. Further, a wide range of Tug missions is difficult to support
with the slow turnaround time presently available from ground tracking systems.
Since the ability to support ground tracking is inherent in the Tug communications
subsystem, this update system will not be traded against the others but will be con-
sidored a backup capability.

Horizon scanners have been proven in space applications as attitude reference sys-

tems. Since greater accuracy is required for position/velocity update than for atti-

tude updz ‘e, horizon scanners have difficulty in meeting this requirement, especially ;
at high altitudes, Thev also have difficulty in operating over the widely varying alti- :
tudes the Tug will encounter. In addition, horizon sensors are expensive, have mov-
ing parts, and can lose earth reference at sunrise and moonrisge.

Table 2-3. DPosition, Velocity Update System

AIRBORNE

EQUIPMENT
COST WEIGHT/
PERFORMANCE (DEVEL/UNIT) SOFTWARE POWER OPERATIONAL
TECHNIQUR {10} {SM) ESTIMATE AUTONOMY (LB/WATTS) EQUIPMENT  COMPLEXITY
GROUND TRACKING 01NMI2FPS 0 0 " ofo COMMUNICA- CONSIDERABLE
TIONS GROUND
SUBSYSTEM  SUPRORT
REQUIRED
HORIZON 5 NMI/G FPS 0.750/0,162 3,000 f 2015 2HORIZON  ERRONEGUS
SCANNER SCANNERS  DATA AT SUN-
SET AND SUN-
AISE-PGOR
HIGH ALTITUDE
PERFORMANGE
PREFERRED .

[ INTERFEROMETRIC 0.5NMI/1FPS  1.55/0.066 3,000 1 20/15 4 SPIRAL POSSIBLE MUL-
LANDMARK ANTENNAS,  TIPLE STATION
TRACKER 4CHANNEL  CONFUSION AT

RECEIVER  WIGH ALTITUDE.

& DUAL- OPERATING AT

PHASE SYNC ALTITUDE

DETECTORS ON ATS-F
SATELLITE (GPS)  D.3NMI/2ZFPS  G.97/0.110 1,000 I 10/15 ANTENNA,  ONLY USABLE

CORRELA- AT LOW

TION ALTITUDES

RECEIVER _
ACCEPTABLE
ONEWAY DOPFLER 0.6 NMI/TFFS  1.13/0.121 3,000 M 15/26 DOPPLER LIMITED ,

RECEIVER,  NUMBER OF

ATOMIC STATIONS
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The Interferometiric Landmark Tracker (ILT) can provide accurate angular tracking
of non-cooperative radar stations, An ILT system is presently providing attitude
information at synchronous altitude on ATS-F, At high altitudes, the ILT may have
some difficulty resolving closely spaced radars. Nevertheless, because of the high
accuracy and the inherent reliability of the system, this is the preferred update
sysiem.

Satellite update is very attractive, but impractical because the GPS navization satel-
lites are planned for an 11,000 n, mi. (20, 284 km) orbit and updates would be available
only to vehicles below that altitude. Since the Tug mission extends to synchronous
altitude and beyond, this system is not acceptable,

One-way Doppler can provide very accurate velocity data if a very accurate clock is
available both on the Tug and the ground stations. Only a limited number of ground
stations are presently equipped with the required atomic clocks and, therefore, the
system accuracy degrades between updates. The one-way Doppler system was given
an autonomy rating of Level II since a limited number of support stations are available,
However, since this system is being developed for the Orbiter and meets the Tug
requirements, it is considered an aceceptable update system.

2,2,5 CONCLUSIONS., Irom these comparisons, the preferred system for position
and velocity update is the Interferometric Landmark Tracker, which has high accuracy
and inherent reliability, Onboard costs are slightly greater, but the ground operating
costs are negligible for the Tug program,

An acceptable alternative is the one-way Doppler technigue, which has a somewhat
greater dependency on special provisions at ground stations, additional ground oper-
ating costs, and some coverage limitations due to lack of desired station locations.

2,3 IMU CONFIGURATIONS OPTIONS

A medium accuracy Inertial Measurement Unit (IMU) is adequate to meet the Tug
requirements with an update system. Therefore, the main considerations in IMU
selection are nost, weight, and veliability. IMU performance requirements that were
derived to meet the Tug synchronous injection requirements are as shown previously
in Table 2-1, For the planned update sequence, which entails a navigation update
three hours before injection and an attitude update 15 minutes before injection, the
injection accuracy is relatively insensitive to IMU performance. The injection errors
are dominated by the navigation update accuracy, and IMU requirements could be
further relaxed, and still meet icjsction requirements.

IMU's can be divided into two clagses, strapdown IMU's and gimbaled IMU's, The

classieal gimbaled IMU has the inertial instruments mounted on a non-rotating plat-
form isolated from vehicle rotations by a set of gimbals, Strapdown IMU's have the
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inertial instruments hard mounted to the vehicle structure, and tend to he less
accurate, Attitude update of strapdown IMU's is easier, since the update sensors can
be mounted to the same reference plane as the IMU sensors. Since Tug attitude up-
date is essential and a medium accuracy IMU is adequate, and because redundancy is
more easily impi. mented, strapdown systems are the preferred approach for Tug.

Four classes of IMU's were identified that would be available in 1980: 1) laser gyro
strapdown IMU, 2) Electrically Suspended Gyro (ESG) strapdown IMU, 3) conventional
gyro strapdown IMU, and 4) conventional gimbaled IMU.

The laser gyr consists of an optical cavity around which counter~rotating laser light
beams travel. A laser tube emits beams that are confined to a cloged triangular path
defined by three mirrors located at the corners of the triangle. The gyro input axis
is perpendicular to the plane of the light beams, A rotation of the gyro about this axis
causes the light beam traveling in the same direction as the rotation to travel farther
than the beam traveling in the other direction, This results in a motion of the inter-
ference pattern on one of the mirrors, which is detected by a photocell. This net out-
put becomes a series of electrical pulses proportional to the angular rate applied to
the gyro.

The selected laser gyro is the Sperry ASLG-15 or equivalent, This gyro, integrated
with Kearfott 2401 accelerometers. has been tested extensively at Marshall Space
Flight Center. The proposed configuration for Tug would be a dodecahedron configura-
tion with six gyros and six accelerometers integrated to provide a strapdown IMU that
can to.erate two failures.

A typical ESG system applicable for the Tug is the Autonetics MICRON, which utilizes
a one centimeter beryllium rotor electrostatically suspended in an evacuated housing,
By constructing this rotor with a small mass unbalance, the rotor axis of rotation ean
be detected, resulting in a free rotor, two axis gyro., Both the ESG and the laser
gyro are ideal for strapdown application because they do not require precision rebal-
ancing, Two ESG's and three accelerometers are combined with the appropriate elec-
tronics to create the MICRON system. For the Tug application, three systems would
be combined, mounted in a skewed configuration.

The Hamilton-Standard DIGS IMU was used ag the conventional strapdown IMU exam-
ple. This IMU uses conventional, single-degree-of-freedom gyros that are pulse
rebalanced. The DIGS system is presently flying on the McDonnell Douglas Delta
launch vehicle., It was chosen because it is typical of the strapdown technology flying
today. For the Tug application, two DIGS systems would be needed, with the systems
skewed such that no two instrument axes are parallel.
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The Kearfoit KT-70 was identified as a representative gimbaled system because it is
the Space Shuttle IMU. The KT-70 is a conventional, four gimbal system with two
speed resolvers, which allow a fairly accurate attitude update to be accomplished,
For the Space Shuitle, the XT-70 was utilized in 2z faree~system configuration because
of safety and reliability - msiderations. For the same reasons, this same three unit
configuration was selected for this trade.

Table 2-4 compares the characteristics of the four candidate IMU's evaluated for Tug. :
All units meet the basic performance requirements, with little to be gained from o
increased performance, as described earlier. :

Table 2-4, IMU Characteristies

PERFORMANCE R Co

{30 GYRO DRIFT) COST SOFTWARE  RELIABILITY ; ;
{0.1 DEG/HR DEV/UNIT ESTIMATE {08897 OTHER ‘ :
REQUIRED) (SM) (WORDS} REQUIRED]  WEIGHT CONSIDERATIONS
LASER GYRO 0.1 DEG/HR 75/0.496 4,500 0.9999 55 MULTIPLE SENSOR QUTPUTS
RUGGED-SOL!D STATE
{DODEGAHEDRON) 78 TECHNOLOGY
ESG 0.03 DEG/HR 85/0.526 4,000 (o574} 51 TCoMPLEX CALIBRA- |
{3 MICRON 5YS) (0.175 EA} ! TION PROCERUSRE,
| LOW SHOCK TOLER- |
LANCE L
STRAPDOWN 0.1 DEG/HR 3.7/0.783 4,500 0.9998 58}  [TAEAMAL REDESIGN!
{DUAL DIGS) (0,391 EA) | REQUIRED !
GIMBALLED <0.1 DEG/HR 3.6/0.732 3,500 "0.0085 (]  lowrcuLTTO }
(3 KT-70) {0244 EA) - L.LS?_LE"'E__FI-EL_ERES S |

Thz MICRON system should be operational by 1978, although it doss not appear to be
as far along as the laser gyro. At present, the MICRON system in normal configura-
tion does not meet the religbility requirement, not being designed for redundant oper-
ation. The somewhat superior performance anticipated is of liitle value for the Tug
mission.

The DIGS strapdown and Kearfott KT-70 are representative systems that are currently
operational. The KT-7¢ is being used on the Space Shuttle Orbiter. Both systems

could possibly meet the Tug requirements, but both are heavier, represent compara- : :
ble development costs, and cost considerably more in production. k o

The laser gyro dodecahedron IMU is the preferred IMU for Tug. It is the lowest cost
system and offers the highest reliability. This system is being developed and should
be operational by 1978. It offers superior reliability due to the solid state gyros and
the dodecahedron configuration that remains completely operable after two failures.
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2.4 TVC CONFIGURATION

The Thrust Vector Control (TVC) system converts main engine position commands
from the Data Management System (DMS) into a flow rate command to the hydraulic
servovalve., This is accomplished by differencing the DMS engine position command
with the actual engine position, This net position command is amplified and filtered
and applied to the engine hydraulic servovalve.

Since the TVC system is highly integrated with the final design of the Tug hydraulic
and actuator systems, this trade is of necessity preliminary in nature., Assumptions
had to be made concerning the approximate configuration of the actuators and hydraulic
systems due to lack of available definition.

A single string TVC servoamplifier consists of simply an operational amplifier that
diiferences the command and position signals, provides the appropriate filtering, and
drives the servovalve. This simple analog configuration has been proved in many
applications and is recommended for the Tug, However, to meet the reliability re-
quirements, redundancy must be provided in the TVC servoamplifier.

Three techniques were considered to provide the required redundancy: 1) DMS moni-
toring with dual servoamplifiers, 2) triple redundant voting servoamplifiers, and

3) triple redundant servoamplifiers driving triply redundant, voting servoactuators.
DMS monitoring of the servoamplifier performance is done by comparing the actual
engine position with the commanded engine position, with appropriate filtering to
compensate for the lags in the system. This comparison would be accomplished in

the DMS computer. If the engine position and command do not agree to within a pre-
determined tolerance, the computer assumes the servoamplifier has failed and enables
the backup servoamplifier. Although this system requires the least hardware, it also
is the most demanding on the DMS system, requiring continuous monitoring of the TVC
system during engine burns, It is estimated that this monitoring would have to be
performed at a minimum 50-hertz rate to perform reconfiguration without degradation.

Triple redundant servoamplifiers, with their outpuiz compared and voted electron-
ically, eliminate the requirement for high frequency monitoring by the DMS, This
would be similar to the servoamplifier implementation used in the Saturn S-IVB stage
where the three servoamplifiers are wired in a "pair and a spare" configuratioi:. The
""pair' servoamplifiers consist of 2 control servoamplifier, which commands the
engines, and a reference servoamplifier, which is connected to a dummy load. If the
control and reference amplifiers disagree, the "spare" servoamplifier is enabled to
command the engines.

Both of the above configurations do not consider the redundancy required in the hy-

draulic actuator system. By taking into account the fact that redundancy will almost
certainly be required in the actuator system, the redundant servoamplifier can be
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implemented in a simpler manner with improved reliability. This is accomplished by
utilizing three servoamplifiers driving three servovalves. as shown in Figure 2-6.
The required voting is accomplished by force summing in the actuators, which elimi-
nates the need for any failure detection eircuitry in the servoamplifiers, By inte-
grating the servoamplifiers with the servoactuator system, one voting system can
reconfigure to survive a failure in either system. Since this system requires no DMS
assistance, as required in method 1, and is more reliable than method 2 (no elec-
trpnic voter circuifry is required), this is the recommended TVC configuration.
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SECTION 3
COMMUNICATIONS SUBSYSTEM

3.1 LINK REQUIREMENTS ANALYSIS

A primary driver of system performance is tie data bit rate that must be supported
on the telemetry downlink, Uplink command bit rates are low and do not represent &
great system impaet. Safety considerations den.znd that ground and Orbiter command
and control facilities have the capability of safing, aborting, and determining status

of the Tug regardless of vehicle orientation when near the Ovbiter. Anocther vequire~
ment driving the selection of a communications subsystem configuration is compatibil-
ity with STDN, TDRS, and AFSCF telemetry tracking and control networks. Most
important is that Orbiter crew safety absolutely must not be corapromised by Tug
commaunjcations failure, and this driv- s the configuration selection to a minimum of
dual redundant components.

Telemetry bit rate requirements are established by the quantity of measurements,
high sample rates during operation of tne main propulsion system, available transmit
power, and the processing limitations of the Orbiter payload interrogator communica-
tion system. In addition to PCM data, a digitally encoded television frame must be
transmiited every 15 seconds during rendezvous and docking phases., Television gray
levels are encoded to three bit resolution, assembled into a PCM for. 1at with appro~
priate synchronization and vehicle state data, and transmitted at a sevial bit rate of
approximately 64 Kbps.

When the Tug is in the vicinity of the Orbiter, safety critical vehicle and spacecraft
data must be available to the Orbiter crew. The Orbiter payload interrogator com-~
munication system provides a limited range, up to 20 n, mi. (36,5 km), 16 Kbps
telemetry link for this safety eritical data, The data included ia this 16 Kbps link
would represent a small subset of the total data collected onboard the Tug for status
monitoring, maintenance logging, and redundancy management. This larger set of
data must either be recorded onboard or transmitted to ground monitoring stations.
During main propulsion system operation, high bit rates are encountered to suppoxrt
the dynamies of the monitored engine parameters. A 160 Kbps telemetry link is
required to support real time transmission of vehicle data during main engine burn
phases. Consideration of telemetry bit rates up to 2566 Kbps permits more flexibility
in the use of onboard recording of high sawple rate data during engine burns. Data
can beldumped in real time with onboard recording as backup, or a high speed dump
of recorded data can be initiated by ground command. This high speed dump could be
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accomplished in 3 minutes compared to a typical 48 minute dump for a 16 Kbps telem~
etry link. Candidate alternatives to be considered for telemetry bit rates are:

a. 64 Kbps telemetry link with a maintenance tape recorder. Store and dump first
engine burn on telemetry link, Store remainder of data.

b. 256 Kbps telemetry link with no maintenance tape recorder. All burn data will be
transmitted in real time to the ground.

¢. 256 Kbps telemetry link with a maintenance tape recorder. Transmit burn data
and store on recorder. Dump recorder to ground on demand.

Another link that can be considered as an alternative to onboard storage of first burn
data is to transmit data to the Orbiter during the burn, where it would be stored on

the Orbiter tape recorders. This link requires telemetry communications to the pay-
load interrogator system for a range up to approximately 250 n, mi. (468 km) and is
presently limited to a 16 Kbps transmission rate. Analysis of Tug data requirements
during burn phases indicates a 160 Kbps data rate is needed for adequately sampling

all engine and avionics parameters. This rate far exceeds the present Ovrbiter nay-
load data processing capability and is not recommended for further consideration unless
Orbiter capability is revised to accept higher bit rate data.

Tug communication requirements are shown in Figure 3-1. The recommended con—
figuration is to provide a telemetry link with selectable bit rates of 16K, 64K and
256 Kbps, depending on the mission phase. A 16 Kbps link would be used in com-
municating Tug/spacecraft status and engineering data to the Orbiter. Rendezvous
and docking operations would utilize the 64 Kbps telemetry rate for transmission of
encoded TV and vehicle data. The high bit rate, 256 Kbps, would be for real time
transmission of parameters during main propulsion system operation or for a high
speed dump of the onboard tape recorder,

Downlink power requirements were next analyzed to determine the worst case effec—
tive isotropic radiated power (EIRP) required to support the three selectable bit rates
(16, 64, and 256 Kbps) on each of the ground communications networks. The link
analysis is summarized in Fipure 3-2, which shows the TDRS link requiring t!:
greatest EIRP for a given bit rate. A substantial decrease in Tug EIRP can be
obtained on the TDRS return link by using a forward error control (FEC) code, such
as a rate 1/2 or rate 1/3 convolutional code. However even with FEC coding, the
communications subsystem must develop a transmit EIRP of 23 DB at the high data
rate. Two alternatives must be traded:

a. A low gain (omni) antenna system driven by a power amplifier.

b. A directive gain antenna system.
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TUG/SC ENGINEERING BATA 18 KBPS
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Pigure 3-1. Communicaticn Requirements for Tug

The Tug/Orbiter data link must operate reliably with limited adjustment of Tug atti-
tude when near the Orbiter. The selected antenna system must have a low power
omnidirectional transmit capability to meet this requirement.

Communications uplink requirements are presented in Figure 3-3, TDRS forwaxrd
link is the only link analyzed here since adequate margin exists on the direct networks
at 2 Xbps., As shown in Figure 3~3, directive gain is not required for the Tug receive
antenna system. Gain margin can be enhanced by an additional 5 dB by employing
FEC coding on the TDRS forward link, A low gain (near isotropic) receive antenna
system configuration has been selected that allows the forward link to be estahlished
regardless of Tug attitude and assures Tug response to safety critical commands when
near the Orbiter. These are the major constraints on the communications subsysiem
and the antenna system requirements as summarized in Figure 3-4.

3.2 ANTENNA SYSTEM EVALUATION

An omnidirectional antenna system initially appears attractive sinece no complex
antenna selection is required and omni antennag are low cost, highly reliable devices.
However, analysis of transmit power needed with 0 dB antenna gain indicates a
requirement for 200 watts of vf power to be developed in the power amplifier. Power
levels of this large magnitude can not be achieved with present day conventional
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Figure 3~3, Communications Uplink Requirements
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Figure 3-4. Antenna Evaluation

semiconductor amplifiers; consequently, a traveling wave tube amplifier (TWTA) is
considered the most likely amplifier candidate. TWT amplifiers are currently being
used on several communications satellites and the Orbiter communications system
incorporates a 150 watt TWTA for transmitting to TDRS, However, a TWTA has
several disadvantages, foremost being its low reliability, especially in severe en-
vironments such as sustained in the Orbiter payload bay during launch and return.
High thermal densities would also seriously degrade the reliability of this amplifier
type.

A directive gain antenna system eliminates the need for a high transmit power
amplifier, However, the directivity of the antenna pattern allows only limited cov-
erage of the tctal radiation sphere. Multiple directive antennas are required with
antenna selection by a coaxial switch matrix to prevent major restriction of vehicle
orientation with respect to ground stations, Orbiter, and TDRS satellites. Aatenna
selection must be under control of the Data Management Subsystem (DMS) since
knowledge of Tug position and receiving station position is required to determine
antenna selection.

Eight medium gain, 5.5 dB at 60 degrees (1. 05 radians), dirvective aniennas with a
beam width of 60 degrees (1,05 radians) can be arranged on the vehicle, as shown in
Figure 3-5, to afford essentially all-attitude coverage, Figure 3-6. Anienna selec-
tion is controlled by the DMS driving a coax switching matrix, Power amplifier
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reguirements for this arrangement are 50 to 150 watts depending on bit rate selection.
This approach offers a very low cost solution for transmit directivity with minimum
vehicle attitude restrictions, A TWT amplifiexr would be required if transmission of
the higher bit rate data becomes mandatory,

A third alternative antenna configuration to be considered is an arrangement of three
electronically steerable phased array antennas located at 120 degree (2, 1 radian)
intervals around the vehicle circumference. A phased array anienna system consists
of multiple electronic modules with three bit digital phase shift conirol. Each module
can develop one watt of xf power. A 25-element phased array can support downlink bit
rates up to 2566 Kbps with a calculated 8 dB margin at the 60 degree (1, 05 radian) scan
limit when FEC coding at rate 1/2 is used on the downlink., Without FEC coding, the
phased array system still shows a 3 dB gain margin, Table 3-1 shows the perform-
ance specification for a 25~element phased array.

Table 3-1, Phased Array Antenna System Specifications

Transmit elements per system 28

Transgtait gain

Boresight 19 dB

60 degree (1,05 radian) scan 14 dB
Transmit Power 25 watts
Transmit EIRP

Boresight 33 aBW

60 degree (1. 05 radian) scan 28 dBW
Noise Figure 4,5 dB
DC Power 93 watts
Diameter 15 in. (38.1 em)
Thickness 3.4 in. (8.6 cm)
Coverage 120 degree

{2. 1 radian} Cone

Weight

3-7

16 pounds (7.3 kg)
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Selection of a phased array antenna is again controlled by the DMS and a coaxial
switch matrix. Beam steering commands are generated by the DMS.

‘The choice of three phased arrays, rather than two or four, is based on the 120 de-
gree (2. 1 radian) coverage cones of the steerable beam. Placing the arrays at 120
degree (2. 1 radian) intervals around the vehicle gives reasonable assurance that at
least one array can be steered to either a ground station or TDRS satellite located
roughly perpendicular to the Tug roll axis, Coverage blind spots exist at the nose
and tail; however, minor vehicle attitude adjustments can eliminate these non-covered
areas. Four arrays will not significantly improve the coverage at nose and tail and
resuit in considerable coverage overlap over the remainder of the sphere. Two
antenna arrays located 180 degrees (3.2 radians) from one ancther leave significant
coverage gaps perpendicular to the roll axis, Approximately one to three minute
dropouts in data will occur during thermal roll maneuvers, Relative spherical cover-
age of these three configuration options is shown in Figure 3-7 (A, B, and C).

Antenna beam steering can be accomplished autonomously by the phased array system
if receive amplifiers, diplexers, and a monopulse tracking receiver are included in
the design. Since link calculations for Tug command links indicate receive antenna
gain is not a requirement, a simpler and more reliable tracking approach was selected
using the DMS to generate beam steering commands. Elimination of the auto tracking
capability relieves the impact of TDRS spread spectrum bandwidth on duplexer and
tracking receiver designs and eliminates several single point failure modes, DMS
processing requirements are not significantly increased since the limited Tug roll

rate of 1 deg/sec (0.018 rad/sec) will require update of the beam steering command
only about 10 times per second.

Antenna system trade options are shown in Table 3-2, and an evaluation of each option
against the traded parameters indicates no standout parameter separates the three
options except reliability, The phased array system has inherent high reliability due
to its solid state construction and tolerance to multiple module failures without seri-
ously degrading performance. Seven failures are required in a 25 element array to
sustain 3 dB gain degradation, The phased array system also operates at a power
level of 95 watts or about one-third that of the other two systems, causing less impact
on thermal dissipation design.

The recommended configuration to achieve the required transmit EIRP is the phased
array system based on its higher reliability and increased safety margin for opera-
tion near the manned Orbiter.

3.3 TRANSPONDER OPTIONS TRADE

Three candidate transponder configurations were evaluated as shown in Table 3-3.
The candidate selected for recommendation is a modified Orbiter unit with network
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Figure 3-7. Spherical Coverage for Multiple Phased Array Antennas
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Table 3-2. Antenna System Trade

DC Relative | Relative
Antenna System System Weight Powsr Relative Develop [Recurring
Trade Options Components 1b (kg) (watts) Reliability Cost Cost Comments
¢ Omnidirectional {2) Hemi. Ant. 2.0( 0.9 -_— High Power Simple low cost
Receive/Transmit | (1) Ant. Coupler 1.0( 0.5) —_ TWTA Req'd. | Low Low approach; low
with Low Power (2) TWT Power 27.5 (12, 5) 360 Low Rel. transmit
Transmit Mode Ampl. ' reliability
30.5 (13.8) | 360
# Mnuitiple Directive | (8) Directive 8.0( 3.6) — Good spherical
Transmit; Omni- Gain Ant, coverage on
! Receive, Low {2) Hemi. Ant, 2.0{ 0.9 — TWTA Req'd. transmit; low
i co Power Omni~ (1) Ant. Coupler | 1.0 { 0.5) - Low Low transmit
’; Transmit (1) Ant. Switch 7.3 ( 3.3) 5 | Low Rel. reliability
Assy.
(2) TWT Power 27.5 (12, 5) 250
Ampl, — | =
45.8 (20.8) 255
® Multiple Phased (3) Phased Array| 48.0 (21.8) 93 Solid State Beast reliability
Array Transmit; Ant, Bystem Multiple Med. Low and safety
Omni Receive; (2) Hemi., Ant. 2.0(0.9 — Elements - margin.
Low Power (1) Ant. Coupler 1.0( 0.5) — Very High
Omni-Transmit {1) Ant, Switch 7.3 { 3.3) 5 Rel. Recommended
Assy. -
58,3 (26.4) 98
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Table 3-3. Transponder Trade

Cost
Weight Modifications Non-Recurring| Recurring

Transponder 1b (kg) Required (Doliars) (Dollars) Selection
ERTS (NASA) 30 (13. 6) TDRS 650K 197K Eliminate - high
FLTSATCOM (DOD) _1_0_( 4. 5) Compatibility 796K 167K development cost

40 (18.1) 1446K 364K
Modified shuttle 16.5 (7. 5) Tug Data Rates 470K 140K Selected candidate
and RF Output

Integrated with 5 (2.3) New Design 1750K 160K Eliminate - phassd array
phased array tracking receiver not
electronics required, integrated

approach not feasible




compatibility achieved by module selection within the transponder, Recommendation
is based on the moderate development cost and unit weight for this transponder con-
figuration. No high risk development ig required since only minor modifications are
needed to accommodate Tug data rates and rf output levels,

Modification of ERTS and FLTSATCOM transponders to achieve TDRS compatibility
incurs g higher risk and development cost penalty, as well as a cumbersome system
design using technology of the mid-1960's, TFor these reasons a transponder con-
figuration based on these units as elements of the design has been eliminated.

A phased array antenna system with monopulse tracking and autonomous beam steer-
ing could obtain attitude and position information directly by tracking landmark or
satellite beacons, eliminating the requirements for a coherent fransponder, ground
track and relay of attitude/position updates. This capability wes examined to deter-
mine feasibility of the phased array antenna for Tug position and attitude update sup-
port. Conclusions reached were that the phased array beamwidth and steering
resclution eliminated further consideration of this approach for attitude/position
update, since a very large costly array (> 128 elements) is required for the necessary
beamwidth, and module redesign to a minimum of four bit phase shift resolution is
required. High recurring cost and increased development risk eliminate the phased
array landmark tracking concept for Tug,

Another candidate configuration based on the phased array is integration of trans~
ponder capability, coherent rf and tone ranging turnaround, with the phased array
transmitter and tracking receiver electronies. An attractive feature of this approach
is that a lightweight implementation can be obtained by sharing frequency synthesis
and power sources of the existing electronics. Disadvantages do exist, however;
multiple phased arrays are required for adequate directive coverage with each array
requiring dual transmit and tracking receiver electronics to meet safety requirements,
Also, auto track and directive receive gain are not implemented in the recommended
baseline for the phased array antennas, which eliminates a large part of the shared
electronics in an integrated approach. Unnecessary complexity and redundancy led
to elimination of the integrated transponder candidate.

Tahle 3-3 shows a summary of the fransponder trade comparisons and the cost and
weight basis on which the modified Shuttle transponder desizn was selected as the
recommended candidate.
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SECTION 4

ELECTRICAL POWER TRADE STUDIES
Adequate vehicle performance to satisfy requirements through cost effective solutions
has been the goal of the electrical trade siudies and analyses, The best implementa-
tion has been sought consistent with low program development risk, Key issues
addressed during the studies were:
a, Power levels by mission phase — Tug aund payload,
b, Fuel cells versus batteries.

c. Dedicated reactants at high pressure versus low pressure propellant grade from
main tanks,

d. Peripheral systems associated with the candidate power source,

e, Thermal integration of the fuel cell and peripherals with the vehicle system,
f. Inferface requirements.

g. Emergency batiery considerations,

h., Safety, reliability, and redundancy implementation.,

i. Candidate fuel cell options and selection of the recommended power source.

j» Power distribution and conirol requirements analysis,
4,1 POWER REQUIREMENTS ANALYSIS

Potential Tug missions cover a specirum of orbifs, sequencing instructions, and mis-
sion durations. Convair has generated four reference mission timelines covering geo-
synchronous placement, geosynchronous placement and payload retrieval, low earth
orbit, and planefary missions, TFor the nominal Tug geosynchronous spacecraft place-
ment mission, the elecirical power level reguirvements by mission phase were deter-
mined and are presenied in Table 4-1, Two high power needs impact the baseline
design;

a. The Tug and the Deployment Adapter solenoid valves were changed to a latching
type to eliminate large holding currents (200 watts dissipation).

b, Available Orhiter power during ascent was recently reduced by NASA. (JSC-07700)
to 1000 watts, which is below Tug and payload requirements,

In examining where the extra power should be obtained above that available from the
Orbiter, (b) above, and in consideration of the potential switching complexity, the best
solution was determined fo be operation of the Tug power plant in the Orbiter payload
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Table 4-1, Elecirical Power Requirements per Flight Phase

o

g e oy
aN— RETRIEVAL | '
2 KW TUG POWER PREDEPLOY | DEPLOY | ORAIT ENG Guin o CHTLY
ASCENT | C/C TUus PLC/0 {COAST | BURN | UPDATE | RED | NORMAL | EME 7t | OESCENT ~ 3d0HT
AVIONICS i
DATAMGT 99 114 14 13 114 134 1 114 114 &3 114
GNEC i 382 332 382 382 382 387 - ueze ] a0 - -
R&D - 60 - - - - 4 - - - -
COMMUNICATIONS A1) 10 72 72 a5 165 16t 72 72 10 10
INSTRUMENTATION 66 Gf €8 66 G6 66 66 66 66 1] [1{] 66
POWER 5YS 15 140 130 130 130 140 130 4o | 130 49 116 115
AVl HEATERS ) 230 37 8 21 17 | .8 4t 14 7 4 ag
AVIDNICS TOTAL 320 g32 o TIB an8 904 886 970 | 7R 648 294 35
OTHER TUG REQUIREMENTS
MAIN ENG CIR PUMPS - 40 40 49 40 - 40 40 40 5 a0 40
CONTROL V's & “0" g VENT{ 225 256 281 225 20 836 218 261 | 174 304 720
AR5 MOTOR HEATERS - - - . |88 [ ap 60 [ _so0 20 - -
OTHER 5Y5 TOTALS 2254 12961 t321) {265} (308) 1(6BE) ; rzagi {351 (371} 1199 (404) 1768}
TOTA!. TUS REQUIREMENTS | 545 1,280 1,322 1,043 1413 1,490 1,174 1,329 [ 1149 047 630 - 11,103 cea .
SINGLE 2L '
REQUIREMENTS 600 850 700 700 200 200 200 - - - 40 -
TUG POWER REGUIREMENT {1,145 1838 1,822 1,743 1313 1.690 1.374 1.324 1,140 847 738 1.103

“ay. Both the possibilities of batteries or fuel cells were siudied, and operation of
either is practical depending on the final choice of power source type.

A large percentage of the Tug power demand is for non-avionic loads, such as main
engine circulating pumps, venting control, and APS motor/fuel heaters, These loads
vary somewhat with the particular design of the heating and thermal integration aspects o
of the power system with other vehicle functions, During ascent, descent, abort, and |
emergency conditions, the power loads are at the lowest values where some Tug func-

tion are shut down., Peak power requirements are realized for the Tug predeplayment

checkout, during main engine burns, and for the rendezvous and docking with orbiting

payloads,

Peak spacecraft checkout power requirements to be accommodated are sufficiently
high, Projected nominal values for single payloads were 700 watts and for multiple
payloads as 1, 15 kW; therefore, these becor.e important in the selection of the Tug
power source,

wn
Y 2

4,2 PAYLOAD POWER AVAILABILITY ANALYSIS

i

Spacecraft power requirements have been analyzed from two principal sources: the
"Space Transportation System Payload Data and Analysis (SFDA) Study, " NAS 8-29462,
a confinuing Convair study contract, and the Tug study just performed by MeDonnell
Douglas, "IUS/TUG Payload Requirements Compatibility Study," NAS 8-31013,

4,2.1 SPDA REQUIREMENTS. A search was made through the SPDA data bank, and

43 potential Tug payloads were ide.tified and analyzed for the elecirical power inter-

face requirements, This effort produced the computerized plots shown in Figure 4-1 i
(a, by ¢, d, and e) for this payload spectrum, which give the projected values of average g 2
inflight power, peak inflight power, and power during ascent while attached to Tug.
Also illustrated are the corresponding peak power durations for the spacecraft while
attached to the Tug, both in and out of the Orbiter, and the total payload/Tug energy
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requirements, Only two or three payloads create unusual requirements; these "fall
poles in the tent' for the present daia are: CN-51-A and CN-54-A for power level,
and AS-16-A, CN-51-A, and CN-54~A for total energy. These three payloads repre-
sent less than 10% of the 132 delivery flights in the period from 1984 through 1991,
The eumulative summaries are shown in Figure 4-2 (a, b, and e).

4,2,2 IUS/TUG INTERFACE COMPATIBILITY STUDY DATA,., During the progress
of the Avionics Definition Study, a parallel examination of Tug payload accommaodation
requirements was being performed by the MceDonnell Douglas Company (MDAC) as
supported by the General Electric Company, NAS 8-31013, which developed compar-
able avionics interface information for hoth single and mul{iple payloads., From the
MDAC study, Table 4-2 shows the anticipated Tug payload assignments and lists 56
potential spacecraft, The avionics power requirements summary data from the same
study is shown in Table 4-3,

The few exceptional payloads that require power levels and energy capacity in excess

of the nominal values can be handled by sharing the spacecraft loads between the Orbiter
and the Tug power sources, or by peaking batteries carried on board the pazticular
spacecraft, Some of the fuel cell options that have been examined in the trade studies
have sufficient flexibility to meet the additional reguirements, if the power plant design
is properly thermally integrated with the vehicle to allow removal of the exira heat and
water internally generated in the fuel cells,

Table 4-2, Payload Assignments

{US ONLY TUG ONLY 1US AND TUG
SINGLE | MULTIPLE [ KICKSTAGE | SINGLE | MULTIPLE | KICKSTAGE | SINGLE | MUTIPLE KICKSTAGE

OP-01 | CN-52 PL-07 AS-16-| EO-07 AP-06 AP-02 | AP-0L
PL-22 PL-11 AS-16~| EQ-59 AP-08 AP-03 | AP-02
SM
PL-12 AP-07 | E0-62 PL-01 AP-05 | AS-~05
PL-18 PL-02 | CN-53 PL-09 AS-02 | EO-09
PL-08 | CN-59 PL-13 EO-09 | EG-12

PL-10 | CN-60 F0-12 | EO-56

PL-14 EO-56 | EO-57.
PL-15 . OP-06 | E0-58

PL-16 PL-03 | OP-06

PL-19 EN-51-
PL-20 CN-54-
LU-01 - CN-55

LU-02 CN-56

LU-03 CN-58

LU-04
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Table 4-3, Tug Electrical Power Reguirements
for Payload Accommodation

Services Required

Single  Multiple
Payload Payloads

Tug Impacts

Power (Avg kW)

Post-deployment/ 0.7 1,15

pre-separation

Transfer 0, 2 0,2
Power (Peak kW) 2.4 3,4
Energy (EW-hy) 1.8 12,7

Average power has no impact.
Peak power may require payload
batteries as peaking supply

Additional reactants are required

for payload needs

4,3 POWER QUALITY EFFECTS

Quality of electrical power systems is normally measured in terms of the sensitivity

to anticipated power levels, peak loads, and surges.

Largest response demands

placed on power systems frequently produce voltage transients, In this respect, fuel
cell power plants are high quality since they have no appreciable undershoot of voltage

upon application of load, or overshoot upon removal of load, This resulis from the
rapid internal response of a fuel cell source, and the large equivalent capacitance
that reduces the sensitivity o load induced ripple,

32.5

STEADY

STATE og b

REQT

o Lt

8

PEAK 3.5

POWER
xw)

z |-
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0 5 S d it

Figure 4-3,

MAX VOLTAGE TQLERANCE

| TRANSIENTS
{ REQUIREMENT

TIME

Space Tug Power Quality
Reqguirements

N

(See Figure 4-3.)

Fuel cell power rating within a specified
qualify band is achieved for the particular
type of cell siructure by the matching of
the number of cells/area within a stack.
Allowable current density is a funetion of
design and construction and is most di-
rectly influenced by the ability to remove
heat from the cell and the venting of the
exhaust products, Rating is therefore
measured in terms of voltage drop against
load, Figure 4-4 shows the effects of ex-
ternal parameters on the power plant volt-
age and quality,

Battery ratings are similar in derivation,
and are dependent on the internal cell can-
siruction, Heat removal is still the domi~
nant factor, where the amount of heat gen-
erated is a function of interngl resistance
and the load currents, The well known sil-
ver oxide/zinc battery type is manufactured

4-6




-

EFFECT OF NUMBER OF CELLS

2-CELL PLAAUES
0.114 FT2/CELL

Power LU,
Utility 2N

EFFECT OF REACTANT PRESSURE
68 CELLS/{34 2-CELL PLAOUES)

-

0.314 FT%/CELL
16 PSIA 180°F
38 190°F a8
34§ 34&
_—
30 T a0
&Q\ B CeLLs | / :: PStA
VOLTS 26 \\\\“ ceus VOLTS 28] A
60 CELLS
22r st ceus a2
18 18
{ £ ISEMSITIVE TO SMALL PRESSURE VARIATIONS
3 ) pa— L] t 1 L] u 3 1 I i) 1 1 J— |
8 65 10 15 20 25 30 35 8 G& 10 15 20 25 30 35 40
PGWER ~kw POWER ~ kw
EFFECT ffBEﬁE:'.LchTffﬁfuTﬂRE REACTANT CONSUMPTION,/PRODUCT
/134 2 E
5. 15PSIA 68 CELLS/{34 2-CELL PLAQUES)
%léII}gFFT"/EELL
14 s\ 5.0 16 PSIA
) 30+ /fggl 4.0
VOLTS N.ﬁ
2} v\\\tﬁé’\“’“" REACTANT 3.
160 CONSUMPTION
2oL RATE 2.0 STEADY STATE RANGE
LB/HR
18 10
INSENSITIVE TO TEMPERATURE VARIATIONS
005 T8 15 20 25 30 35 0F 05 70 15 20 25 30 35 4D
POWER~ kW POWER - W
INSENSITIVITY OF ALKALINE GELL Tﬂz /IEiERTS
§6 GELLS/{34=2 CELL PLAQUES}0.114 FT?/CELL
HEAT REJECTION REQUIREMENTS 16 PSIA
68 CELLS/(34 2-CELL PLAQUES) sy 180F
0.4 FTZ/ELL PURE H;
L y oo,
lz'mm PRODECT WATER
CONDEHSED k
10,000 ’ Kl \-—-_ﬁ____“____
AT PSR VOLTS 25 T
REJEGTION 6000 7
BTU/HR STEADY STAIE RARGE 291 20% D, + HO% N
4000 BY VOLUME
2000

0~ 03 18 15 20 25 30 33 48
POWER ~ kv

" {BASED OH TEST DATA)
0 ) 1 1 1 ]

13 1
i 0.5 1.0 1.5 2.0 25 3.0 3.5
POWER ~ kw

Figure 4-4, Effects of External Parameters on

Power

Plant Voltage and Quality
4-7

B



in several types with different capacities per pound. The heavier duty type used on the
Centaur upper stage is typically 1. 8 ampere hours/pound (3, 96 ampere hours/kilo-
gram), whereas lighter weight designs for extended duration orbit spacecraft realize

3 ampere hours/pound (6. 6 ampere hours/kilogram), Compared to fuel cells, bhatter-
ies do not generally conduct internally generated heat out of the battery housing as
easily as is possible with the outflow of exhaust products in a fuel cell,

4,4 POWER PLANT OPTIONS SYNTHESIS

The initial baseline power plant was described in the NASA Tug document MSFC
68M00039-2 as a configuration utilizing a modified Orbiter fuel cell with dedicated
supercrifical storage of the hydrogen and oxygen reactants., Additional options were
synthesized for the trade studies and consist of alternative methods of integration into
the vehicle, optional peripherals, and newer 'lightweight' cell sfructures. An early
standard of compariscn was the simple possibility of using a number of batteries on-
board, whick for the mission durations under consideration (mission 1, 164 hours)
proved to be prohibitive in weight performance for the amount of energy needed for
Tug and payload. The power plant trade then rapidly setfled down to the detailed
evaluatian of the integrated fuel cell options and the selection of the design best suited
to Tug reqguirements,

4,4,1 BATTERIES VERSUS FUEL CELLS, Previous Tug studies at Convair, the
Space Tug Systems Study (STSS), NAS 8-29676, and the Reusable Centaur Study, NAS
8-30290, examined the available bhattery types suitable for upper stage use for vehicles
very similar to the present Tug concept, Conclusions of those studies were that (for
roughly the same power requirements and mission durations) while the electrical power
could be made available from batteries, the payload performance penalties were on the
order of several hundreds of pounds, Generally, when the mission flight times outside
the Orbiter start fo exceed 24 hours, a more efficient power plant such as fuel cells is
needed in lieu of batteries,

Using the baseline power level requirements by mission phase as listed in Table 4-1
and the detailed Convair mission timeline for the Geosynchronous Placement and Re-
trieval mission (NASA mission 1), the kilowatt hour energy requiremenis for each
major phase were computed (see Table 4-4), This shows a total requirement of 215
kW-hr for the nominal 164 hour mission; at 28 volts, this is a requirement of 7679
ampere hours, Based on the use of lightweight silver oxide/zinc spacecrafi design
batteries (400 A-hr, 134 pounds (61, 1 kg) each battery, this would require approxi-
mately 19 batieries, which represents 2546 pounds (1154 kg) dry weight of batteries,
An actual Tug design tailored for battery operation would necessifate revising the phas-
ing requirements of Tables 4-1 and 4-4; however, even 50% of the projected power
requirement would need 1273 pounds (577 kg) of batteries.

Fuel cells in the recommended lightweight thermally integrated configuration for the
updated baseline Tug, including the reactants, 10% reserve, emergency battery weights,
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Table 4~4, Energy Requirements by Mission Phase-Geosynchronous
Placement and Retrieval Mission (164 hours)

Power
Duration Level Energy Current
Mission Phase (hours) (watts) (kW-hr) (amperes)
Ascent 10, 8 1145 12,4 40, 9
Predeploy C/O L0 1938 1.9 69, 2
Deploy Tug 1.0 1822 1.8 65. 1
On orbit PL C/0 1,0 1743 1.7 62,3
Coast 133,7 1313 175.6 46,9
Eng, Burn L7 1690 2,9 60, 4
Guid, Update 7.0 1374 9.5 49, 1
Rend, & Dock 5,5 1329 7.3 47,5
Norm, Retrieval 0.6 1149 0.7 41,0
Descent 1.4 738 L, 0 26, 4

Total Energy 214, 9 kW-hr

and the added peripherals, would weigh 412 pounds (185 kg), and this represents a
savings of 2134 pounds (968 kg) over the brute force battery solution,

4,4,2 FUEL CELL OPTIONS, At the stavt of the study, the initial modified Orbiter
fuel cell with single string, supercritic~l reactant storage appeared as the least expen-
sive power source to develop. A secondary alternate was the lightweight fuel cell
under technology development by NASA Lewis Research Center and the Air Force. Tn
all, three subconfigurations of each type were considered (Figure 4-5).

The two extremes were quickly eliminated as not being cost effective. A minimum
modification Orbiter unii weighed 16 pounds (7, 2 kilograms) more with greater tech-
nical risk, The lightweight technology design incorporating passive fluidics controls
reduced the weight by only 5 pounds (2.3 kilograms) and had high development risk
cost in the 3 to § million dollar category.

With the two remaining lighiweight options, the cost difference between adapting exist-
ing fluid controls and developing specific units for the Tug was indeterminate. The
largest gain was from waste heat/passive water removal concept and with thermal in-
tegration of the lightweight fuel cell. The next task was fo define the two baselines in
depth before expanding to other trade studies (Figure 4-6).

An alternative coudiguration that evolved was the modifying of the Orbiter fuel ¢ o1t for
low pressure operation similar to the lightweight unit, This would eliminate the ueed
for supercritical storage to supply 60 psi (414 kN/m2) to ihe fuel cell stack, while per-
mitting retention of the Orbiter configuration, The result is a heavier, but a low risk/
low cost compromise, Significant henefits fo: safety and interface simplicity oceur
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when the fuel cell is operaied low pressure at about 16 psi (110, 4 kN/m?), with direct
extraction of reactants from the main propellant tanks, All reactant management —
fill, drain, pressure control, venting, and safing — is done by the Tug main propellant
system, In effect, the fuel cell gets the reactant management system free,

A further simplification is possible with lightweight system thermal integration for the
Tug. The lightweight unit normally exhausts steam compared to the Orbiter type, which
condenses the sieam into usable water for the Orbiter crew, By using the APS heating
requirements to condense the steam, thermostatic electrical APS heaters are also
eliminated, Smaller space radiators are needed and electrical energy that would be
reguired by the APS heating system is eliminated.

Fuel cell options narrow down to three basic alternatives:
a. A minimum modification of the 60 psi {414 kN/mz) Orbiter unit with supporting
dedicated supercritical storage.

b. A low pressure Orhiter unit modification that will extract reactants directly from
the main propellant tanks,

c. A thermally integrated lightweight fuel cell specifically designed to meet Tug
ohjectives,

4,4,2.,1 Minimum Modification Orbiter Type. Supercritical storage is required for
the minimum modified, 60 psi (414 kN/mz), fuel cell power plant (Figure 4~7). The
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reactants are loaded in liquid form through separate fill and drain disconnects from
the ground through the Orbiter into the Tug, Operating at 60 psi (414 kl\‘i/mz) requires
that the system be loaded fo *his pressure level and superinsulated for minimum boil-
off. Where the Orbiter has redundant reactant storage, the Tug would be single string
and must be compensated by ul{ra-high reliable conirol, sensing, and DMS redundancy
management, Supercritical storage presents a dedicated kW-hr limit for long mis-
sions, Heavy tanks sized for the maximum must aiso be carried for shorter missions
(Figure 4-8).

All sensors and conirols must be triple redundant and DMS controlled, The added
weight of safety/redundancy management to meei the Tug reliability requirement of
0. 9991 or better has been added to each system weight comparison,

4,4,2,2 Low Pressure Modification — Orbiter Type. This alternative was not in the
original baseline system options, Conceptually, this is a composite system with less
capability at lower technology risk and has therefore been recommended as a backup

option, Existing Orbiter stack technology is used and the number of cells in the stack
are reduced for the 2 kW power rating at 16 psi (110.4 kN/m?), The thermal conirol
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system is identical to the high pressure unit (Figure 4-9), New qualification/reliability
data at the lower tank feed pressures is needed and represents an additional power plant
development task,

4.4.2.3 Thermally Integrated Lightweight Type. The lightweight concept (Figure 4-10)
adapts well to Tug requirements, with low pressure 16 psi (110.4 I:N/mz) operation for
direct reactant feed from the main propellant tanks and product water exhausted as 4 psi
(27. 6 kN/m?) steam, A dedicated rveactant management is eliminated through the use of
the main propellaat system,

Waste heat from the steam can now be utilized to heat the auxiliary propulsion sysiem
hydrazine fluid to the best operational condition, 93 £13°F (307 £7°K). Thermal in-
tegrating serves several purposes:

a., Provides circulating APS fluid for uniform temperature control.

bh. Eliminates APS line and hotfle heaters and multiple thermal conirols,
c. Reduces criticalily of APS insulation effectiveness.

d, Reduces electrical load, providing more power reserve for growth.
e, IReduces space radigtor size and weight.

f, Increases thermal limited peak power times.

g. Permits waste heat absorption during ascent or abort.
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4,4,3 PERIPHERAL EQUIPMENT COMPARISON, Peripheral equipments are unigue
for each power plant option, Major differences in the power plants dictate different
peripheral equipment solutions, which are driven by three primary conditions:

a. Single string supercritical storage and its propellant management versus direct
reactant acquisition,

b. Redundancy solutions to achieve system fail operational — fail safe/high reliability
over a possible 185 hour mission time,

These differences are depicted in the respective reliability block diagrams, Figures
4-11 and 4-12, The lighiweight and low pressure power plant system are functionally
similar, but differ in where those functions are accomplished (Figure 4-11). Added
safety and redundant hardware t» meet the 0, #9891 system reliability for 185 hours is
shown by heavy outlined boxes and summarized later in Table 4-6 on page 4~20, Ex-
tensive system cross strapping is utilized to enable meeting the requirements,

4,4, 3.1 Reactant Storage. Supercritical storage analysis highlighted these Tug vehicle
concerns:

a., BSingle string storage/man rating, dedicated multiple vent, purge, and safing
capability,

b. Incorporating safety redundancy lowered system reliability — offen dictating quad
valving to achieve both safety and reliability,

c. Sensing and electrical controls were deemed triple redundant with voting selection/
control commands,

d. Dedicated ground fill and drain system was not included in siudy cost trades.

e. System reconfigurating control complexity with different solutions during different
operating modes resulted in main computer control.

Direct acquisition from the majn propellant tanks highlighted these vehicle concerns:

a. Main tanks propellant management system solved most safety oriented reactant
problems,

b, Tug retrieval electrical power, after the main tanks are vented, created a need for
small dedicated reactant supplies,

¢, Main tank propeliants may coniain a variable amount of He inerts — depending on
which engine/tank pressurization means is finally selected. Fuel cell power plant
may require voliage droop conirolled purging.

4-14
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4,4,3.2 Redundancy Management, The redundancy management requireients high-
lighted the impacts of crew safety — fail operational and high reliability over the long
mission,

a. Fail operational/Orbiter crew safety while the Tug is in or near the Orbiter, dic-
tates at least dual functional hardware solutions,

b. High reliability, over long missions, required cross strapping between peripheral
equipment and autonomous system reconfiguration,

¢. Redundancy solutions drive peripheral equipment design, which ii turn impacts
power plants design,

d, Storage of product water during coast is of questionable value,

e. Tug performance is heavily affected by added redundancy management hardware
weights.

f, Righest system risk associated with these redundancy management/autonomous
reconfiguration — fail operational solutions.

To keep modifications to the existing Orbiter power planis to a minimum, all redun-
dancy management solutions are achieved as external "add ons"; whereas, the new
lightweight power plant can integrate the Tug's requirements into the initial design.

4,4,3,3 Thermal Control and Infegration, The thermal conirol systems applicable to
the two principal options are illustrated in Figures 4-13 and 4-14, which are the high
pressure modified Orbiter power plant and the low pressure thermally integrated power
plant respectively. Redundancy is not shown, but the relative "single string'' complex-
ities of the two types of thermal control requivement are reflected.

Integration of the thermal system for the fuel cells into the vehicle allows significant
improvements in efficiency, Perhaps the most important element is the heating of the
APS hydrazine fluid, which mus{ be maintained at 93 £13°F (307 £7°K), and where the
hydrazine supply hottles and interconnecting lines are located between the two cryogenic
main propellant tanks, Equalization of the sun/deep space heating is not possible through
simple Tug rotation (rotisserie) where the Tug is payload attitude consirained. A nor-
mal solution would utilize thermistatically controlled line heaters and electric blankets.
Another alternative is the circulation of fluid through the lines with temperature control
at a central location, similar to the hydraulic thrust vector control system. Both of these
solutions require electrical heaters and power during the entire mission frame, The
additional electrical power needed, in turn, produces more waste heat to be rejected,

By integrating and using the fuel cell waste heat to maintain the circulating hydrazine
fluid within the desired operating temperature limits, the confrolled electric heaters
can be eliminated and, alternatively, the nec:ssity to rotate the Tug for thermal equal-
ization avoided, Interconnecting the power plant waste heat rejection with the heating
of the attitude control system also provides a heat sink when the Tug is in the Orbiter
during ascent and/or abort.
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4,5 POWER SYSTEM OPTION TRADES

Specific comparisons of the options were performed in several supporting trade analy-
ges, These looked at weight performance, reliability, DDT&E costs, interface sensi-
tivities, growth potential, and the recommended selection for the electrical power
system baseline,

4,5.1 WEIGHT COMPARISON, In the summary descriptions of the fuel cell power
plants, the weight penalty associated with supercritical reactant storage was examined.
For a nominal 2 kW power plant design, the three principal options were further ana-
lyzed considering peripherals, the fuel cells, and the redundancy additions, The de-
tailed weight comparison is shown in Table 4-5, Reactants have not heen included as
they are essentially the same for all power plants at the 2 kW oufput level. Significant
weight performance is achieved with the integrated lightweight design; a minimum of
200 pounds (90, 7 kg) saving over the total system required for the low pressure Orbiter
option which is the leading contender.

4,5.2 RELIABILITY/REDUNDANCY, All three options were subjected to safety an-
alysis before the reliability requirements were finalized, The Convair safety and
hazards/failure analyses are reported in the final report for the parallel Tug study,
"Space Tug/Shuttle Interface Compatibility," Coniract NAS 8-31012. In this overview,
details of only two options are discussed, as the difference between the two low pres-
sure cases (modified Orbiter or lightweight)

BASELINE + are minor. For the power sysiem single
R TeRmAL ';fj:gfgl;":‘:;;w v WBS element, the MSFC 68M00039-2 reli-
= LYSTEM APFORTIONMENT = 02991 ability goal of 0.9998 for the power system
S‘E“*"“g“ NTESRATED was revised to reflect feed, fill and drain,
z LIGHTWEIGH APS, ard fuel cell thermal conditioning.
%“m BASELINE The revised reliability apportionment is
£ SR AL 0. 9991 for the 185 hour mission (see Fig~
gnss;- 4-15). This reliability value is equiva-
5 lent to 23-1/2 years of power generation
‘g"-““r BASELINE between power failures. Achievement of
” this level of fail-operational reliability
N R N B | L . o oo
g T requlres. instantaneous :ta:lurc? switching
1T S 1 S TR 1 and continuous power production, Table

TOTAL POWER SYSTEM WEIGHTS, (b {k 2 an s .
ol 4-6 shows the reliability requirements for

Figure 4-15, Reliability Apporticnment meeting the 0. 991 goal,
Additional redundancy management considerations took into account integration of the

aufonomous, DMS, and shared sensor and control options. Technical and cost ele-
ments examined were:
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Table 4~5. Baseline Tug Power System Options (pounds)

Bystem Flight Weights (2 kW)
Orbiter and Low Pressure Integrated
Item Supercritical Orbiter Lightweight
1, Tuel Cell Power Planis 230 230 72,6
with Optimized Components
2. Reactant Supply 134 11 8
2.1 02 Supereritical Tanks a6 - -
2,2 Hg Supercritical Tanks 52 - -
2.3 Counirols and Feed Lines 26 11 8
3. Waste B Hejection 77.6 77.6 30
3.1 Spaue Radiators 35,4 35.4 27 Cj
3.2 Thermal Control Dist, 12 12 -
3.3 Pump/Dryer/Accun. 7 7 7 U
3.4 Preflight Heat Exch, 8 8 -
3.5 APS Circu, Pumps - - 4
3.6 APS Heaters Removed - - -22
3.7 Freon 21/FC-40 15,2 15.2 14
4, Product Water/APS Heat Exch, 10,5 10.5 18.5
4.1 Accum/APS Heat Exch, 9 9 17
4,2 Dump Valves L5 1.5 1,5
5. Purge, Vent and Safing 4,8 3.0 3.0
6. Elec, Controls/Instru. 12, 0 80 4,0
Totals ' 468, 9 340, 1 136.1
+Redundancy to Meet 0, 9981 Reliability  +12.0 +8, 0 3, 0
System Totals (minus emergency battery) 480, 9 348, 1 139, 0

Table 4-6, Redundancy Required to Meet Reliability
Goal (R 20,9991 for 185-hour Mission)

POWER SYSTEM MODIFIED-SHUTTLE LIGHTWEIGHT
COMPONENTS FUEL CELL FUEL CELL

REACTANT SUPPLY SINGLE SUPERCRITICAL TANKS MAIN PROPELLANT TANKS
AND FEED DUAL ISOLATION VALVES DUAL FEED LINES

PURGE & VENT

FUEL CELLS

WASTE HEAT

PRODUCT WATER

TRIPLE SENSORS
DMS REDUNDANCY MANAGEMENT

DUAL PURGE VALVES FOR
SUPERCRITICAL TANKS

DUAL FUEL CELL STACKS

DUAL COOLANT LOOPS IN RADIATORS
TRIPLE SENSORS FOR CONTROL
Hg MEAT EXCHANGER (BACKUP)

SINGLE STORAGE BOTTLE
QUAD VENT VALVES
TRIPLE SENSORS

NOT APPLICABLE
{REACTANTS FROM MAIN
PROPELLANT TANKS)

BUAL FUEL CELL STACKS

DUAL COO LANT LOOPS IN RADIATORS
TRIPLE SENSORS FOR CONTROL
Hg HEAT EXCHANGER (BACKUP)

SINGLE STORAGE BOTTLE
QUAD VENT VALVES
TRIPLE SENSORS

o TEMP, PRESS SENSORS FOR CONTROL
» 14 VALVES ADDED FOR SAFETY/

RELIABILITY

* DMS MANAGEMENT
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Techuical Flements Examined Cost Elements Examined

i Reaction Time DMS Memory

DMS Emergency Interrupt DMS Software

Multi Emergency Priority Hardware

i External/Internal Caused Problem C/0 Time/Crew/AGE
Weight/Reliability Simulation/Demonstration
Maintenance Record Qualification
Transition/Recovery Vehicle System Test
Emergency Operations Orbiter Integration

| Orbiter Crew Override
Orbiter/Ground Decision Knowledge

4,5,3 DUAL FUEL CELLS, Implementation for all three options in a dual configura-
tion can be accomplished in an optimal manner by simultaneous and parallel operation
into the same load. Fuel cells are self compensating between each other, so that simul-
taneous operation can eliminate the high invush current of switching a backup power plant
! into a demand circuit after the primary unit has been cut out, In the case of a shorted
power plant, that fuel cell can be cut out before the currents reach the kiloampere range,
thereby eliminating the power dead band or droop that would normally occur with switch~
ing in the backup, The inherent ability of the power plants to share the load avoids the
more complex problem of keeping a backup and peripheral equipment warmed up for
instant switch-in. To keep the peripheral equipment in a standby mode generated a
second and unique idle mode, Peculiar sensing hardware would be needed just for the
standby mode, The various problems of how to instantaneously activate redundant
peripheral equipment were not addressed during this trade study.

Redundancy management for the modified Orbiter type power plant involves man-rated
safety and venting redundancy for the supercritical storage. 'The complexity requires
the use of DMS/data bus management as the lightest and most cost effective means to
monitor and select the failure compensating cross-strapping route,

Both of the low pressure options receive their reactanis directly from the main tanks,
The main propellant tank management system performs the safing and venting of react-
ants. An exception oceurs during Tug retrieval and abort when the main propellants
are dumped, vented, and safed, Under these conditions, tank isolation valves in each
feedline are closed, entrapping reactants within insulated feedline storage volumes.
This permits an additional five hours of operation of the fuel cells, Internal regulation
and vent controls are used during this sitnation for reactant control,

Dual waste heat rejection is required, even with the baseline dual circulating pumps

i and dual coolant loops, Structurally severe micrometeorite damage to any of the four
space radiators would shut down both fuel cell power plants. A backup Hg heat exchanger
system, fed from each fuel cell reactant supply or Hp zero-g exhaust, would cool the
fuel cells in the event that a space radiator system were damaged, It needs 2 to 5 pounds
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per hour (0, % to 2. 3 kg per hour) of H, to function, Product water venting was made
quadruple redundant to preclude inadvertent ventings and to assure venting during main
engine burn, Lack of venting would shut down both fuel cell power plants,

4,5.4 INTERFACE SENSITIVITY, Figure 4-16 shows that the major difference in power
plants is notf in cell design but in the reactant storage/propellant management, Super-
eritical storage reactants are loaded and dumped separately from the main propellant
tanks. Direct feeding of reactants from the main tanks eliminates separate GSE, Or-
biter, and Tug fill and drain hardware, and additional management for supercritical
storage. A significant simplification is elimination of superecritical safing and purge
controls.

ORBITER & IRECT ACOBISITION

SUPERCRITICAL LOW PRESS. ORBITER
OR LIGHTWEIGHT

ELECTRICAL

13— 0ATA BUS 7
18 =———————=CONTROL PAREL——————12
14——————CONTROL &MONITOR————5
45 24
4 —rmmne— GEMEATED FLUID——————{)
]
[ r‘“LJ o | qu L{“‘
i | 1 }
pl !
mg, A-bo Ll -J—'-. .J-L.
ORBITER REACTANT  VENT& /D PRODUCT /1 ELECTRICAL VENT &
FUEL CELL FILL& DRAIN PURGE PRODUCT Hp0 EXHAUST HARBWIRE PURGE
COOLANT H20 EXHAUST SAFETY CORTROLS

ELECTRICAL
HARDWIRE
SAFETY CONTROL

Figvre 4-16, Interface Sensitivities

4.5.5 PERFORMANCE VERSUS DDT&E COST, Evaluation of the cost elements indi-
cates that the least expensive development centers around using a minor modification
to the Orbiter fuel cell power plant, The unique and troublesome feature of using the
Orbiter design is that the lack of cryogenics oun board the Orbiter means that reactants
must be held in supercritical storage for the duration of the 30-day mission, Adapting
the Orbiter fuel cells with the new peripherals needed for Tug is a cosfly process.

An alternative fo the direct translation of the Orbiter high pressure system is to change
the feed method of the fuel stack o a low pressure system taking reactants from the
main propellant tanks of the Tug, Requalification of this power plant for low pressure
operafion increases cost, but the overall system development cost and the risk would be
reduced by the avoidance of the supercritical storage, This low risk configuration does
not meet Tug performance objectives because of heavy fuel cell stack weight and some~
what greater peripherals weight for the nominal 2 kW design (see Table 4-5),
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Technical program risk for the integrated lightweight cell option can be reduced with

an early simulation/demonstration program and with continued SRT activity that will
progressively remove risk as the technology gradually evolves. Development cost ele-
ments for the three options analyzed as considered for various payload capability differ-
ences are shown in Figure 4-17, These values are for all the elements associated with
the fuel cell power plants so as to realize a proper comparison, The normal WBS for
cost estimating accounts from. some of the thermal elements and peripherals ouiside of
the Avionies System.

Total program costs are compared in Table 4-7, In logking at the total program cost
effects, the option with Orbiter type cells and the supercritical storage of reactants
shows to be the greatest cost. The other two options with the low pressure direct feed
of propellants are lower in cost with different program cost virfues, The lightweight
option has a higher DDT&E dollar requirement and a lower expected production cost;
whereas, the modified Orbiter cell type cosis less during development, but would involve
greater production cosis, From an overall cost standpoint, either of the low pressure
versions are probably acceptable.

Performance and the growth flexibility of the lightweight cell design are superior. Also

the costs seem to te slightly lower, so that both technical and cos? factors favor the
selection of the lightweight fuel cell power plant,

LIGHTWEIGHT ({THERMAL INTEG}

COST ($M)
POWER PLANT 8.67
+200—~ PERIPHERALEQMT 1.26 | A
SYSTEM TEST 3.70
TUG TOTAL DDTE
PERFORMANCE APAYLOAD {LB)
BASELINE — 0 } ! ; } | - |
) 2 a 6 8 10 12 14
SYSTEM DDTR&E COST ($M)
MODIFIED ORBITER {LOW PRESSURE}
’ COST (8M)
POWER PLANT 5.87
APAYLOAD PERIPHERAL EQMT 245 A
WEIGHT (LB) SYSTEM TEST 370
TOTAL DDTE
~500 [— APAYLOAD (LB} [=322]

MODIFIED ORBITER {SUPERCRITICAL STORAGE)

COST ($M}
POWER PLANT © 385
PERIPHERAL EOMT 379 | A
SYSTEM TEST 471
TOTAL DDTE GZa5]
~1,0001— A PAYLOAD (LB) =87]

Figure 4-17, Power System Options Trade
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Table 4-7, Summary Costs, Fuel Cell System Options Trade

B
SYSTEM COSTS (31,000}
LIGHTWEIGHT | MOD ORBITER | ORBITER SUPER-
INTEGRATED LOW PRESSURE | CRITICAL STORAGE
DDT&E (136311 {13,022) {12,445)
FUEL CELL 8,670 6,868 3,947
THERMAL/WATER 856 1,949 3,104
ELECT CONTROLS 405 505 684
SYSTEM TEST 3,700 3,700 4,710
PRODUCTION { 6,920) (11,167} (13,544}
TUGS (15) 5,531 9,206 11,391
INITIAL SPARES 1,389 1,961 2,153
OPERATIONS { 4,478} { 4879) { 5,222)
FUEL CELL 4,082 3961 3,888
OTHER 396 918 1,334
TOTAL PROGRAM 25,029 29,068 31,211

4.5.6 RECOMMENDED DEVELOPMENT PLAN. Development plans have been gen~
erated for the two viable options: the low pressure Orbiter type of power plant as a
backup, and the thermally integrated lighiweight cell design. Figure 4-18 shows a
summary of these suggested plans,

Redundancy management design and development necessary for system reliability and
operational safety are major cost drivers. They require a long time to evolve the opera~
tional system and prototype hardware must be available early in mid-1978 to permit
meaningful system development, Some differences exist between the two alternative
power plants that directly feed from the main propellant tanks, Modifying the Orbiter
units requires some of the redundancy management provisions to be applied external

to the power plant proper, With the lightweight type cell, much of the redundancy con-
trol can be incorporated within the fuel cell package that will be designed for Tug usage.

TFor purposes of the plan, the low pressure Orbiter unit was assumed to be a redirec-
tion of the current MSFC Tug fuel cell development program., Enough development
plan detail was laid out to scope critical events and cost elements,

4.5.7 GROWTH POTENTIAL, Three factors predominate in the estimation of Tug
power plant growth:

a, Fuiure maximum payload requirements — including multiple spacecrafi.
b, Primary elecirical loads — flexibility to accommodate design changes.

c, Practieal performance limitations of implementation,
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For the latest updated Tug baseline, power requirements are 1,2 kW average (nom-
inal) with occasional accommodation of 1,5 kW peaks. These Tug vehicle require-
menis are increased by the payload requirements as specified in the MDAC Tug
Study, "TUS/Tug Payload Requirements Compatibility Study,' Contract NAS 8-31013,
which indicate for multiples and additional 1, 156 kW average and 3, 4 kW peaks. High
short term payload peaking loads are presently planned to be accommodated by dedi-
cated batteries, If this power were furnished by the Tug fuel cells, the required
capacily would be 2, 35 kW average and 4,6 kW peak, A conservative margin based
on an estimated 50% growth of these requirements would be 3.5 kW continuous for
eight hours during the first payload delivery. Possible growth implementation solu-
tions that have been examined are:

a. Triple 2 kW power plants with 4 kW continuous output,

b. Dual fuel cells simulianeously operating into the same load — each capzable of
3.5 kW ouiput for eight hours.

The recommendation is to design the dual power plants, cells and associated periph-
erals, for operation at a 3,5 kW rating for eight hours, This will provide sufficient
capacity for the longest multiple (dual) payload delivery time, and represents a 55%
reserve above the present requirements, The power level limitation is primarily a
thermal system design boundary, and the fuel cells could provide additional output
with proper heat removal and venting of waste products. For the lighiweight cell
power plants, the design penalty over the 2 kW nominal model that was used for the
options comparison is 98 pounds (40. 5 kg) for the improved peak load capability.
This solution is within the original baseline values projected for the Tug elecirical
power plant, MSFC 68M00039-2, at 2 kW,

If this recommended solution is adopted for the Orbiter low pressure option, which

is not fully thermally integraied, a larger waste heat rejection requirement exists,
This requires increased space radiaior size and the weight performance is degraded
by an additional 126 pounds (56, 7 kg) over the original penalty of 550 pounds (247, 5 kg),
which is a total of 676 pounds (304, 2 kg). Therefore the flexibility with the lightweight
cell to extend the power capability for future demand increases is considerably better,

4,5,8 BASELINE ELECTRICAL POWER SYSTEM, After consideration of the criteria
of performance, weight, cost, development risk, reliability/redundancy implementa-~
tion, and growth potential as they have been compared in the preceding paragraphs,

the thermally integrated lightweight dual fuel cell configuration is recommended for
the Tug Electrical Power System. The baseline Avionics configuration has been up-
dated to this selection and is more fully detailed in Volume III, the configuration
volume of this final report,

The thermally integrated power plant (Figure 4-19) accepis propellant grade reactants
divectly from the main propellant tanks, These reactants may be supplied in liquid,
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“THERMALLY INTEGRATED LIGHTWEIGHT POWER PLANT
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Figure 4-19, Thermally Integrated Power System

i gas, or mixed phase condition at liguifying temperatures up to 120°F (322°K). The
power plant condifions the reactant temperature and pressure for fuel cell stack use,
As the reactants may also include inerts that mask the catalyst and can cause flight

, voltage drop, the power plant controls will automatically initiate venting, This venting

will flush and dilute the inerts in the reactant chambers until the voltage drop has been
reduced to an acceptable limit,

Product water is exhausted from the power plant at 4 psia (2716 kN/m?2), Since the
power plant normal operating temperature is above 160°T (344°K) and 4 psia (27. 6
kN/mz) and water vapor becomes steam above 1563°T (340°K), product water venting
ii is anfonomously controlled by the power plant controls, A product water condenser
and storage accumulator provide the capability to retain water during the longest pay-
load delivery coast phase, The circulating APS fluid is used to condense the product
steam into water at the APS fluid temnerature of approximately 90°F (306°K),

The unit containg a fuel cell coolant loop, Wasgte heat from the cell raises the circu-
lating APS hydrazine fluid within operating temperature limits when the APS heat
losses except the condensing heat gain, Fluid temperature control is accomplished
by bimeifal "bypass" type thermostats, APS fluid additionally provides the thermal
heat sink necessary to absorb power plant waste heat during ascent and abort,

B o
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Each power plant has a dual dedicated heat rejection system: a primary space radi-
ator assembly and a backup Hg heat exchanger within the power plant. The space
radiator consists of four separate radiators in series which are located at 90 degree
(1. 6 radian) increments around the intertank outer struc*zre, Each radiator has a
single radiating surface to service the two separate, but paraliel, power plant coolant
systems. The power plant FC-40 coolant medium is used, with circulating pumps,
filters, and temperature controls all within the individual package, Leakage of cool-~
ant is sensed by the power plant coolant sccumulator low volume position switch, which
when actuated sbuis down that power plant space radiator coolant system and switches
over to the backup Hy heat exchanger. ‘The defective power plant is taken out of the
power sharing mode and placed on standby.

Hydrogen and oxygen reactants are drawn from the main propellant tanks through
shared lines to each power plant, Each feedline has an isolation valve at the propel-
lant tank outlet, In addition, each insulated line is sized to hold a liquid volume of
reactants to sustain power plant operation during Tug retrieval or abort. The volume
is sufficient t» operate the power plant during the time frame from the last main en-
gine burn to retrieval by the Orbiter, TFecilines to the power plants are encapsulated
and vented into the main propellant tanks leakage containment membranes, The helium
purge supply is connected into, pressurized, and conirolied by the main tank purge
lines.

The majority of elecirical confrols and all the instrumentation are an integral part of
the dual power plant, A separate redundancy management microprocessor controls
the voting and autonomous reconfiguration, Commeands are returned to the power
plants for reconfiguration implementation thereby providing control consistent with
prime operational objectives; i, e, , safely in or within 3000 feet (314 meters) of the
Orbiter and uninterrupted power during the mission phase,

The dual redundant fuel cells and peripherals provide adequate failure protection to
satisfy safefy and fail safe goals, As an extra precaution against primary power mul-
tiple failures, an emergency battery is arovided for a short term backup Tug power
supply during the last 3000 feet (914 mrsters) of Tug refrieval, The sizing and des-
cription of this baiiery appear in Section 4. 7,

4,6 AVAILABLE ORBITER POWER VERSUS REQUIREMENTS

Power required by the Tug and the payload(s) during ascent and abort phases exceeds

the allocated accommodations available from the Orbifer. NASA document JSC 07700,
as modified by "Level II Program Requirements Control Board Directive, S00620-RI-
Orbiter Electrical Power and Distribution Accommodations for Payload" dated 4 Novem-
ber 1974, indicates the availability of 1000 watts during the ascent phase (1500 watis
peak for two minufes maximum) for all elecirical loads in the cargo bay., On orbit
power availability from the Orbiter is 7000 watts average, Payload electrical loads
include the deployment adapter valves, actuators, motors, Tug avicnics, other Tug
subsystems, and the spacecraft power needs.
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Two approaches were reviewed, reduction of the power requirements and the utilization
. of alternate power sources, The analysis showed 427 watis needed for valve control,
propella.t mixers, and circulating pumps, which was then reduced to aboutf 200 watts
by the adoption of laiching type valves. The remaining load then represenis a powered

i down condition, Total power requirements during ascent still exceed the 1000 watts
allocated from the Orbiter:

i a. Ascenlk — 1478 watts for 15 minutes.
i b, RTLS Abort — 1783 watts average for 1 hour
2360 watts peak for 5 minutes

Figure 4-20 presenis the power requiremenis for the mission phases that are pertinent
to the Tug being in the cargo bay.

S S <N T

Sovuitions that were adopied were to select the latching type valves and to operate the
Tug fuel cells in the cargo bay in preference fo obtaining power from an additional

i alternate source. Recommendation is that the Tug fuel cells be turned on at liftoff
for the supplying of all Tug and spacecraft power in the Orbiter bay. The fuel cells

‘ waste heat can be processed by the product water heat exchanger which slighily heats
g up the APS propellant, 9°F/br (5°K/hr) for 1500 watts output, Advantages of using

| the Tug fuel cells during ascent are:

a. Rednction of the impact on safety, in the event the Orbiter power goes to zero
during abort,

bh. Future changes in the power requiremenis for spacecraft support do not impact
Orbiter power accommodations,

POWER REQUIREMENTS POWER SOURCE
§
; ASCENT | PREDEPLOY ABORT
g PHASE |CHECKOUT | DEPLOY | SAFING
DMS 98 114 EET? 114
: GN&C 382 382 SPACECRAFT
i R&D 50 T
; COMM 10 10 72 10
: INSTR 68 66 66 66 700 WATTS {MAX)
b EPS 115 140 130 116 )
. HEATERS 30 230 37 30 TUG PWR fsta
L VALVE CONTROL FUEL c/o 695
MEXERS & PUMPS 225 296 az1 768 CELLS
TOTAL TUG 545 1,288 1,122 | 1,108 |{,.FLIGHT PHASES PREL AUNCH
SINGLE SPACECRAFT 600 850 700 ] POWER SOURCE pgwlé?q SOURCE
D/ADAPTER 333 333 781 -680 ~2
2,500W
TOTAL TUG & P/L. 1478 2,263 2503 | 1,783 AFT
REQUIREMENTS
ORBITER <> > umB
(E I 1,00 J 000 { 1,000
POWER AVA 0| 7000 ) 70 DEPLOYMENT ADAPTER
s'rA L—v

1307

Figure 4-20, Cargo Bay Power Sources/Uses
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¢, Tug power on and electrical checkout before launch,

d. Simplified switching,

Concerns of having the cells on in the Orbiter hay are:
a, APS fluid as a heat sink would increase 2,25°F (1. 25°K) during ascent.
b. APS fluid as heat sink would increase 8, 23°F (4. 57°K) during ascent/RTLS abort,

c. Dedicated Hy and Oy accumulators to hold and supply reactants after main tank
dump on RTLS abort: 6,2 pounds (2. 8 kg).

d. 4psia (27.6 kN/mz) vacuim pump on deployment adapter,
4,7 EMERGENCY BATTERY REQUIREMENTS

While the basic safety protection is provided by the dual redundant fuel cell power
plant system, a further backup has been added to the baseline system in the formof an
emergency batiery, This is not required, hut is an extra precaution in the event of
mulfiple failures, If the entire primary power system shc‘)uld fail in the Orbite:r pay-
load bay or during the terminal retrieval process, the Tug emergency battery can be
switched in. The battery is in addition {o the dual redundancy and four to five hours
reactants reserve and is sized to ensure that the Tug will have power for stability

and safety status communication in excess of the normal mission sequence time when
the Tug is within 3000 feet (930 meters) of the Orbiter.

Longest nominal mission time for emergency retrieval by the Orbiter at the end of the
Tug free flight is 0. 28 hour (16, 8 minutes) for a nominal sequence, Therefore calcu-
lations for a nominal battery size are:

847 watts (emergency reirieval) X 0, 28 hour = 237 watt hours

At 28 volts, 237 watt hours = 8, 5 ampere hours

Current rate: 847/28 = 30. 3 amperes
Table 4~8 lists characteristics of the batieries. Selection of the 36 pound (16. 3 kg),

23 ampere hour battery results in approximately 170 percent additional capacity over
the "nominal" requirement,

Table 4-8, Battery Selsciion (Silver Oxide/Zinc Batieries)

Capacity (A-hr) 23 100 150
Normal Current (amperes) 40 50 50
Peak Current (amperes) 115 80 80
Weight (pounds) 36 70 86
Dimensions {inches) 11X8X7 13X12 X8 13 X12X8
Allowable Emergency Duration (minutes) 45 198 298

(3. 3 hours) (5 hours)
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4,8 POWER DISTRIBUTION AND CONTROL

The preferred subsystem configuration for elecirical power distribution and control
is very similar to the original MSFC baseline (see Figure 4-21), An additional arm-
safe switch has been added for further Orbiter safety, inhibiting the main propulsion
system and the APS from any inadvertent operation near the Orbiter,

In the event of a fault, an automatic backup switchover useg the primary distribution
and control system. This is intended to agccommeodate most emergencies. Additional
protection is provided by manual actuation of the separate hardware controls of the
Orbiter Mission Specialist Station (MSS) panel with bypassing the Tug primary control
system. A third mode for backup permits the dropping cut of payload and Tug non-
essential power needs using the emergency bus; with power, manual abort and safing
control is pbtained from the Orbiter.

EXTERNAL POWER e =" |
| oiw -——§ pws |
- | -
EMERGENCY | ON/OFF
BATTERY ¥ COMMANDS MONITOR
A CONTROL/SELECTION
- AP | EQUIP] RED MGT CONTROL
K EMERGENGY MODE
i Fc |— pru AFT ~TVRICALY ON/OFF CONTROL
P | POWER
- DIST OVERVOLTAGE CONTROL
| i | BUS CUJI"-KRENT LinIT
CONTROL ON/OFF ACTUATION
| FC p—p pru UNIT RESFT
—
—SAFETY INSTRUMENTATION
EXCITATION
FC ON-OFF
FC OVER CURRENT ,fé"ﬁm
PROTECTION DIST |___PAYLOAD
POWER QUALITY BUS POWER
POWER LEVEL ngl‘lTRDL
f{ﬁg Qﬁ,"‘f?ﬂ oHT POWER CHANGEOVER T

Figure 4~21. Electrical Power Distribution and Control
Funetional Division and Control Hierarchy

NASA technology developments now in progress and needed for Tug and requiring com-
pletion within the Tug program development times include:

a. Solid state, high current, lightweight circuit breaker/on-off awitches for the
fuel cells. In & downstream short condition, the cells will respond and provide
over 1000 amperes short circuit current. Each Power Processing Unit (PPU)
near the fuel cell should incorporate solid-state circuit breakers capable of
handling these current levels.

D, Continued evolution of the Remote Power Controlicrs (RPC's), parficularly their

Digital Interface Unit (DIU) control from the data bus, reset, and emergency
power bus override.

4-31

%{/{,:



SECTION 5
RENDEZ VOUS AND DOCKING

Bte O i,

Investigation and comparison of the potential methods for rendezvous and docking of the
Tug with free-flying spacecraft have involved the orbital approach to the spacecraft;
candidate sensor evaluation; guidance, navigation and confrol subsystem capahbility
assessment; and the examination of terminal approach and docking for both remote~
manned control and fully autonomous technigues, This group of related trade siudies
has resulted in the recommended selection of ladar and TV as the best sensors to
support closure and docking of the Tug with the target spacecraft, Of the possible nav-
igation schemes, direct ascent insertion for rendezvous is favored as the most efficient
and appears to he feasible, The excellent navigational performance of the GN&C sub-

‘ system, with the high accuracy ILT position and velocity update system, allows the Tug
} to perform the insertion burn at apogee in the near vieinity of the spacecraft, R

- 77'4
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5.1 FUNCTIONAL ELEMENTS

Figure 5-1 shows the functional elements that are associated with the rendezvous and

_ docldng of the Space Tug with g spacecraft, Acquisition entails either the searching of
i the dispersion volume produced by uncertainty in the Tug position, or an accurate
knowledge cf the pointing vector from Tug to spacecrafi, When the pointing vector is
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Figure 5-1. TFunctional Elements of Rendezvous and Docking -

5-1

o . C i g it e e
S — S T




established, the subsystem locks the tracking sensor into the tracking mode, Tracking
involves the supplying of line~of-sight {LOS) angles to the spacecraft. The required
precision is inversely proportional to slant range and can be somewhat crude at the
acquisition point, Midcourse correciions become necessary to ensure thai the desired
target point for the initiation of the insertion burn is achieved, The addition of LOS
information can reduce the relative ephemeris errors between Tu,s and spacecraft, The
degree o which this can be achieved is a function of the maximum range of the sensor
as well as the basic navigation accuracy of Tug.

Ranging is a requirement when the rendezvous guidance begins, Thig can be before or
after the inseriion burn depending on the strategy employed, The more desirable ap-
proach is to insert in close proximity to the spacecraft, reacquire after the burn to
correct the insertion velocity dispersions, and to close to within inspection distances.
If a direct ascent maneuver is employed, ranging must be accomplished after inser-
tion; or, alternatively, the ranging sensor must have a maximum range on the order of
several hundred miles, Required range accuracy is inversely proportional to range,
Inspection is accomplished at a standoff of typically 50 to 100 feet (15, 2 to 30. 5 meters)
and requires only gross range information, If the spacecraft is active, it can be inter-
rogated for health/status and commanded to latency. Unless the spacecraft can respond
to reorientation commands, the Tug must orbit vae spacecraft to achieve a gross align-
ment on the docking port, hence obtain docking sensor lockon, Docking is then accom-
plished by closing at a controlled range rate. Spacecraft relative pitsh, yaw, and roll
information is required to dock in addition to range and LOS angles.

5,2 SENSOR TRADES

5.2,1 SENSOR CANDIDATE SYNTHESIb, The initial sereening of candidate sensors
for rendezvous and docking was based on a number of factors. Systems requiring
actively cooperative targets were eliminated a priori; such a system would be incou-
sistent with servicing or retrieval of a failed spacecraft, Sensors operating at wave-
lengths greater than in the microwave region were rejected because of the impracti-
cally large apertures necessary to meet spatial resolution reguirements, The range
of wavelength of passive sensors was determined by consideration of the specirum of
solar reflectance and target thermal emission, Active sensors were selected on the
basis of the availability of reliable high power sources.

Four generic types of sensors passed the initial screening: radars (radio defection
and ranging systems) in the 2-30 cm wavelength region, ladars (laser detection and
ranging system) in the 0. 8 to 11 um region, passive LWIR (long wavelength infrared)
sensors utilizing target thermal emission from 6 to 16 um, and passive sensors util-
izing reflected solar radiation in the visible region (0.4 to 0,8 pm),

The approach to synihesizing candidate sensor systems was to select a set of standard
conditions — field of view, aperture size, frame rate, etc, - that would permit an ob-
jective comparison of candidates. The seleection of these parameters (see Table 5-1)
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Table 5-1, Standard Conditions for Sensor Performance Calculations

Target
Projected Area: 10 m2
Infrared Emissivity: 0.8

Infrared Bidirectional Reflectivity:
Visible Bidirectional Reflectivity:

Effective Surface Temperature:

Refroreflector Cross Section:

3x%10-3 g1
1.6X1072 srt
275°K

1.656x103 2 4

}..2 i sr”

Solar Irradiance: 540 W/m2 0.4 to 0.7 um
365 W/m2 0.7to0 1, 1um
300 W/m2 1,0 fo 3.0 um

Sensor

Acquisition Field of View: 0, 274 Br

Tracking Field of View: 3 X 10~4 sr

Docking Field of View: 3 x 1072 sr

Frame Time: 140 sec (acquisition), 14 sec (fracking)

Optical Aperture: i0 em

was somewhat arbitrary in that system-level irade information was not available in
time to siructure the subsystem trades, As a result, the candidate sensors were not
fully optimized for total system performance,

Several candidates in each class of sensor were evaluated, Radars included G, 5, L,
X, and Ku-bands, LWIR concepts considered ranged irom tncooled detectors to cryo-
genically cooled detectors with cooled, baffled opiics; scanning technigues included
radar scans, linear-scamned arrays, and siaring moszics, T.adar candidates included
seanning and pon-scanning devices utilizing solid state and gas lasers, Television

employing SEC and SIT vidicons was examined, (It is recommended that future studies
include CCD and CID arrays. )

The pext four sections present performance calculations for each sensor candidate
applicable to the acquisition, iracking, port search, and docking phases of the mis-
sion, Resulis of these calculations are summarized in Tables 5-2 and 5-3, providing
a comparison of caundidate sensor characteristies, (It is noted again thai these num«~
bers do not represent uflimate performance to be expected, but provide a comparison
on a normalized hasis, )
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0?% 002
0 Tahle 5-2. Sensor Performance and Cost
“Applicable
| Mission
: Phase
o Maximua
2| e Estimote Ranging Angulor Range Angulor
E 5 .? 5 Subsystem Range Range Rate Rate Accuracy Accuraecy
§ g ':if g Costs (SM) Volume| Mnx {Min {it/aec) (dep/see) {it) {deg)
Sensor System [<[¥|&|Q| Total [DDT&E(Pred } Opers (ﬂ“) {n.mt.) | (£t) Max Min | Far|Near Far {Near | LOS | Attitude
i Scamning Laduys
] t GaAs Active XIX|X|X! 20,7{ 10,1 { 9.9 0.7 1.0 BS | 1.0 | 46,000 ¢,05] L 1¢ 1.6 3.28(0.33| 0,06( 0.06
! Passive* [ X|X NA|NA [ NA NA | 0.4 NA NA [ NA | 0.U6| NA
i COy  Active X! x|x]X 3,0 | 270 |10 | 15,000 .23} 1,0 — 13.8 | 3.28) 0.04] =~
Paasive** | X| X Na |NA | NA NA | 0.07 NA NA | NA L0 | NA B
HF AcHve XIX| XX 3.6 480 | 10 4,900 0,23 | .8 — 13,8 | 3,28 | 0.06 - :
Ppssive* | X| X NA | NA NA NA D. 07| NA NA | NA 1.0 NA
{ H
: Seanning Raders 1
Ku Band X|X|x|x ‘ 25 5 0.U6| NA
X Band XixIx|x]| 42 34 8,8 | 0.6 | 14,1 { 215 25 5 0,06| NA
i § Bond x| x{x
: L Band X| XX |
1 !
Longwave Infrared | X{| X 7.1 L8 4.9 0.8 1,0 NA |NA | NA l NA | 0,07 NA NA | NA L0 NA
j tLow Light Level TV :
i SEC* X X 0.2 ! 0.1 NA | £R) | .06
% SIT* XX X 4,35 1,4 (2,8 0,2 0.2 | 0,1 NA | {(R) | 0.086
Ladars {10 deg FOV)
i T GaAs XiX 7.9 5.0 |27 0,2 0.5 4,01 1,0 | 36,000| 0,05 NA{ NA NA 0,33 NA NA
Tricolor X|X 9.0 5.2 | 3.5 0,2 0,6 4,0[ 1,0 | 36,000( 0.05 NA{ NA NA 0.33 NA 0.5
i 1 Retained for further evnluation % Single spare only; does not include ground or flight operations costs
* Pregumes sun tllumination *» Used as an LWIR sensor (cooled detuetor & optics)
g
Table 5-3, Sensor System Characteristics
‘ PPLICABL
MISSION
PHASE
S
i~ é’-” (LS ON-ORBIT ACO MAX TRACKING
(S/S/S/S/ wter e pOWER |__NMH Lalll TECHNOLOGY
~‘ SENSOR SYSTEM §/&/S/S) wm [Tuc] sc | W) [RETRO| SKIN |RETRO| SKIN | DEVELOPMENT
! SCANNING LADARS
i
I Q/I- GoAs ACTIVE X|X{X]|X 7,000 9|6 a0 44 04 85 10 DEVELDPMENT
§ PASSIVE" XX 30,000 30 NA {1.190 NA | 3,630 B
; 4 CO,y ACTIVE X{X{X X a00 65 | 6 180 150 14 270 B.3 PREDEVELOPMENT
[ PASSIVE** XX 5,000 -13) NA 268 NA 827
s HF ACTIVE XI{X[X[X 200 80 | 6 340 190 2.0 480 115 | RESEARCH
; PASSIVE* X1 X 5,000 &0 NA 44 NA 57.7
i SCANNING RADARS .
: © I[Cu BAND X|X[XIX 1,100 150 | MA 150 NA 240 NA 340 | OPERATIONAL P
; * X BAND X|X[X|X 1,100 165 | NA 150 NA 215 NA 300 | OPERATIONAL )
j * SBAND XIX|X 1,260 180 | NA 150 NA 186 NA 260 | OPERATIONAL
i ® { BAND X|x|X 1,500 215 [ NA | 180 NA 160 NA 235 | OPERATIONAL
| LONGWAVE INFRARED |X | X 5,000 30 | NA 30 NA | 332 | NA {1,030 {SIMILARTO
i OPERATIONAL
: LOW LIGHT SEC* [X|X X{ 15,000 8 | NA 8 nNa (1,400 NA | 1,400 | QPERATIONAL
V LEVEL TV 8T X X{ 15,000 8 | NA 8 NA 14,110 NA | 4,170 | OPERATIONAL
LADARS (10 DEG FOV)
: ( » GpAs XX 16,000 19186 40 NA NA 4.0 NA | DEVELOPMENT
& TRICOLOR XX 15,000 2016 40 A NA 48 NA | DEVELOPMENT

g’ RETAINED FOR FURTHER EVALUATION *PRESUMES SUN ILLUMINATION
** USED AS AN LWIR SENSOR (COOLED DETECTOR & OPTICS)
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Based on performance, reliability, weight, stage of development, and system-level
redundancy, a combination of the GaAs scanning ladar and television is recommended
for rendezvous and docking, An important aspect of this selection is that it permits
an orderly progression from manned to autonomous operation, The modes of opera-
tion and the complementary nature of these two sensors are discussed in Section 6. 8.

f 5,2,2 RADAR (2-30 cm)., The search-mode radar range equation for a microwave
radar may be expressed:

PA _ 47 R% QKT (s/n)

L oTm

)

: where

P = fransmitted power (watis)

A = antenna area or aperture (meter?)

| L = total system losses

‘. R = target range (meters)

§2 = angular search volume (steradians)

; K = Boltzman's constant (1.38 X 10~23 joule/deg)

n T = gystem temperature (deg Kelvin)

(s/n) = signal-to-noise ratio required for an acceptable detection probability
:l o = {arget radar cross-section (meterz)

Ty = frame time (or time to search the angular search volume)

The basic radar design trade is thai of power aperture (PA) and detection range (R).
§ These factors are therefore treated as the variables in the following discussion,

; Losses (L) — Since the tug radar operaies in a vacuum, the only rfloss is that asso-
ciated with system microwave components, This is conservatively assumed to be 2 db.
Since a simple moduiation waveform can be used in this application, a 1.5 db maiched
filter loss is assumed; if a2 non-optimum modulation waveform is selected, an addi-
tional 3 db loss could result, In addition, if is customary to assume a mainfenance

or field service degradation loss to account for equipment performance variations,
caused by use and normal maintenance, A 3 db loss is considered adequate for this
factor, Therefore, the fotal system loss is 2+1,5+3 =6,65 dh,

2
i
3
1.
i
it
i

System Temperature (T) — Since the radar operates in space, the major noise con-
tributing element is the receiver. Assuming a non-exotic receiver, a noise temper-
ature of 500°K is to be expected by the use of either a tnanel diode amplifier or a
conventional uncooled parameifric amplifier,
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If the connecting microwave elemenis are ussumed to be at a temperature of 200°K,
the assumed 1 db receiver microwave loss resulis in a noise temperature of 41°K,
The antenna temperature will vary from 290°K when the antenna is looking towards
the earth to essentially 0°K when the radar is looking towards deep space; the result-
ing effective antemna temperafure will vary from 0 to 233°K, Therefore, the system
termperature will vary from 500+ 41+0 = 541°K to 500+41+233 = 774°K,

Signal-to-Noise Ratio (S/N) — If a basic frame detection probability of 0,5 is assumed,
the following cumnulative detection probability results:

Average Detection Cumulative Detection T

Frame Time (sec) Probability
1 70 0.5
2 210 0,75
3 350 0. 88
4 490 0.94
5 640

0,97 B

Since this application permits a relatively high false alarm probability of 10-6, a
signal-fo-noise ratio of 13 db is required assuming the targei radar cross section
is decorrelated from scan fo scan,

Target Radar Cross Section {g) — The target behavior may be assumed to he bounded
by the limiis of an isofropic and a flat plate scatterer, Therefore, the radar cross
section can vary from 10 meter? to 4mA2/A\%=1,4 x 105 meter? at =3 cm. A median
and therefore probable cross section is 107 = 31.4 meter2,

Expected Detection Range (R) — Accumulating these system basgeline parameters
(expressing all values in db) results in the following summation:

pa/R? pA/R*
(minimum) (maximum)
+ - + -
Losses (L) 3.5 6.5
an 11 11
£(0.274 sr) 4,35 10 4,35 10
K 1.4 230 1,4 230
T (541/774°K) 27.34 28.89
s/n 13 13
o (10/31.4) 15 10
Ty (140) 21,47 i 21,47
Totals ~215, 88 -208, 83
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1000 Therefore PA/R? is in the range of PA/R%
=2,62 X 10~10 t5 2,35 x 102 where P is
expressed in watts, A in meter? and R in
kilometers. This range is plotted in Fig-
ure 5-2. Ii is seen that a radar power
aperiure product of 100 watt-meter? re-
sulis in a detection range of 455 to 790 km
(246 to 427 n,mi, ),

Selected Candidates — A bhaseline radar
reguirement of 100 watt-meter2 will be
examined, If it is assumed that the aper-
ture is 1,0 meterz, the transmitted power
required is 100 waits. Since overall effi-
ciency will be in the range of 10 to 20%,
this candidate radar requires an input
power of 500 to 1000 watts.

100

PA (wzit-me1esd)

The 500 watt average input power is a sig-
= R A N I imn I nificant deiraction from the performance
§0% DEVECTION RANGE (KN} of this candidate. It is noted from Figure
5-2 that if the deiection range could be re-
Figure 5-2, Expected Detection Ranges duced to 280 o 420 km (150 to 230 n, mi, ),
of Candidaie Radars a power aperture of 10 watt-meter? would
be adequate, This option would reduce the
prime power requirement fo 50 to 100 watts. (The 100 wait value is more probable
since the transmitier efficiency is a monotonically increasing function of transmitter
power, )

Both the long range and short range candidates will be considered in what follows,

Weight and Volume Estimates — The candidate radar is similar to most airceraft fire
control system radars.! (The major difference is that typical aireraft radars have
apertures of approximately 0. 5 meterz.) Therefore it is informative to examine sim-
ilar aircraft systems,

Figure 5-3 summarizes the weight-to-transmitter power relationship of several oper-
ational X-band (A =8 cm) radars, In addition, data for three currently proposed radars
are included. This data suggests that a 1974 state-of-the-art X-band radar would weigh
200+pounds if built to aireraft specifications, Assuming the Shuttle-Tug environment

1 Phaged array antenna systems — such as the one selected for the Communications
Subsysiem — cannotf achieve the power density required. For example, using the
Communications Subsystem S-band module, a 100 W-m? power aperiure would re-
guire 40,000 modules!
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: [ is less severe and spacecraft lighiweight

- OPERATIONAL RADARS technology were used, a weight approach-

Q fROPOSED IS ing 175 pounds (72.4 kg) could result,
Since the currently proposed radars use

a mazimum of solid state technology, it

is not anticipated that 1978 technology

- + will result in significant further weight
gsavings, The principal benefif of 1978

WEIGHT (oounds)

| — — “GrRERATIONAL BADARS
ang

+ The relative insensitivity of the weight-to-

@ + o) power function suggests flexibility in the

50 power aperture trade. However, radar
weight is a significant function of aperture.

—’\,wn po _~ p - In addition, inpuf power is essentially a

TRANSMITTER POWER (watts) linear function of transmitter power, It

is believed the L 0 meter? aperture, 100
watt (transmiited power) candidate is a
near optimum design point to balance the
weight/power penaliies.

Figure 5-3, Transmitier Power to Radar
System Weight Relationship
of Aireraft X-band Radars

The following weight and volume breakdown is an estimate of the distribution of the

175 pound (79. 4 kg) candidate radar: 600
Weight, Ib (kg) Volume, £t (m3)

Antenna 35 (15.9) 10  (0.283) 590 ]
Transmitter 50 (22.7) 1.7 (0.048) H L . \gps SWAFE

Receiver 25 (11,3) 0.8 (0.022) £ |——"T7

Synchronizer 25 (11.8) 6.6 (0,017) - ++

Power Supply 40 (18.1) 1.0 (0.0283) *

Total 175 (79.4) 14,1 (0,399)

0 100 200 ito 400 500
TRANSMITTER FOWER {watts)

TFigure 5-4, Transmitter Powexr to Radar
System Weight Relationship
of Operational Aireraft
Ku-hand Radars

It is noted that LSI techniques apply only
to parts of the receiver and to the syn-
chronizer; therefore, dramatic further
weight reductions are not anticipated.

Similarly, Figure 5-4 summarizes the weight~fo~transmitier power relationship of a
mumber of operational Ku-band (A =2 cm) aiveraft radars, Several points are to be
noted in comparing Figures 5-3 and 5-4. The lighter weight of the existing Ku-band
radars is attributed to 1) transmiiter and receiver weighis vary directly with wave-
length, 2) the particular Ku-band radars contained in the figure tend to be simpler
configurations than the X-band radars, and 3) these Ku-band radars tend to be newer
designs with significant solid state technology already employed. The greater slope
of the weight-to-transmitter function is aftributed to the decreased efficiency of power
generation at higher frequencies,
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It is concluded that a candidate radar at Ku-band would not have a significantly differ-
ent weight from the X-band candidate, since weight savings due to the smaller size of
microwave componentis would be partially compensated by power supply increases due
to decreased power generation efficiency,

Similar data is not available for the lower frequencies because of limited use of C, S,
and L-band radars in aircraft applications, However, it is noted that weight tends {o
increase significantly as the wavelength increases, For example, a proposed 2 kW
L-band, solid state aircraft radar weighs 1100 pounds (499 kg) without its antenna.
(The data of Figures 5~3 and 5-4 predict corresponding weights of 807 pounds (366 kg)
at X-band and 966 pounds (438 kg) at Ku-band).

Since atmospheric attenuation is not a factor, either X- or Ku-band is recommended
for the Tug applicaiion, Higher frequencies are not recommended because the receiver
noise temperature increases dramatically beyond the Ku~band.,

Reliability — Past examinations of field reliability data have demonstrated the utility of
equipment weight as an estimator of eguipment complexity and therefore of equipment
reliability. The hyperbolic function (weight) (MTBF) = constant is a logical parametric
estimating relationship,

The weight and reliability of many operational aircraft radars are plotted in Figure 5-5,
Field data is noisy and MTBT is therefore difficult to define precisely. Nevertheless,

) |

T T T
e
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1600
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Figure 5-5 demonstrates the utility of the estimator (weight) (MTBF) = 35, 000 pound-
hours (15,876 kg-hours)., (This value of the constant was derived by averaging the data
of I"igure 5-5.) In particular, the close fit of the estimator to the predicted reliability
of three proposed 1974 radars is to be noted,

The radars of Figure 5-5 are in service in manned aircraff, Since the space environ-
ment is generally more benign and since the Tug radar will not suffer the typical main-
tenance abuse of aircraft field maintenance, a higher reliability is expected, Available
data suggests an approximate six—fold improvement in space, Therefore the esiimating
relationship (weight) (MTBF) = 200,000 is recommended.

The use of this estimator results in the prediction of 2 MTBF of 1143 hours for the

baseline X-band radar,

Summary — The proposed Tug radar high-power candidate is summarized below:

Type
Wavelengih
PRF

Peak Powrr
Pulse Width
Antenna

Angular Coverage

Beamwidih

Augular Tracking Accuracy
Range Resolution

Range Tracking Accuracy

Typical Detection Range on a 31 m2
(radar cross section) target

Weight
Input Power
MTBF

Velume
Antenna
Electronics

Simple, non-coherent, pulsed
3 cm (X-band)

50 Hz & 500 Hz

1 MW

2 usec and 0,2 Usec

1, 0 meter diameter paraboloid

+15 degrees {£0, 26 radian)
{azimuth & elevation)

1, 4 degrees (0. N24 radian)
1 mrad

150 & 15 meters

15 & 1,5 meters

665 km (360 n, mi, )

175 pounds (79.4 kg)
500 watts
1100 hours

10 £t3 (0. 283 m9)
4 £3 (0.113 m3)

The optional low-power candidate would resuli in the following changed characteristics:
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Peak Power 250 kW

Pulse Width lps &0,2 us
Range Resolution 75 & 15 meters
Range Tracking Accuracy 7.5 & 1, 5 meters
Typical Detectior Range on a 31 m? 395 km (215 n, mi, )
(radar cross section) target

Weight 150 pounds (68 kg)
Input Power ' 150 watts

5,2,3 LONG WAVELENGTH INFRARED (LWIR) SENSORS. The peak thermal emission
from typical spacecraft occurs in the vicinity of 10 um wavelength, Detectors are avail-
able covering the 6 to 16 um spectral band, This band includes approximately 50% of the
thermal emission from a target spacecraft at temperafures ranging from 250 to 300°K,

Design options for an LWIR system inciude raster scanning with a single detector, line
scanning with a linear array of detectors, and detector mosaics in a staring mode.
Detector temperatures ean range from cryogenic to ambient. To realize maximum
sensitivity from detectors at 4°K against a space background, it is necessary to cool
and baffle the optical system, Detectors at 77°K are less sensitive, but do not requirve
cooled optics, Ambient temperature detectors are considerably less sensitive,

Preliminary calculations indicated that an LWIR system utilizing a linear array of
detectors at 77°K would compete favorably with the baseline GaAs scanning ladar,
in terms of acquisition range, A system with these characteristics represents a
reasonable compromise between cost and performance, and was thus chosen to rep-
resent this class of sensor,

In concept, the LWIR sensor employs a 30 element HgCdTe detector array cooled to
77°K by means of Hy boil-off fromthe Tug propellant system. A single axis, scanning
mirror provides spatial coverage transverse to the linear detector array. Aperiure,
field-of-view, etfc, , are specified in Table 5-1,

The range equation for a passive scanning device can be expressed as

R2 ki

= s/n (NEP) L
where

J  =target intensity in the spectral band (W/er)
Ap = recelver avea (crm2)

s/n = signal-to-noise ratio

NEP = noise-equivalent power (W)

L, = optical and electronic loss factor
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The NEP is a function of detector figure of merit D* (cm Hel/ 2 W'l), detector area
A 4 (cm), and electrical bandwidth (Hz), given by

‘/Ad Af

D

NEP =

Assuming a 30 degree (0. 523 radian) field of view, the detector area corresponding to
a 10 em /1 optical system is 8 X 10-2 em2, A bandwidth of 36 Hz is vequired in the
acguisition mode. A. detector D* of 1.6 x1011 em Hz1/2 W-1 ig calculated, assuming
background-limited performance, with thermal emission of the optical system predom-
inating. The NEP in acquisition mode is thus 6,7 X 10~12W,

Against a 10 m? target with an emissivily of 0. 8, at a temperature of 275°K, the maxi-
mum range in acquisition is 332 n, mi, (612 km), increasing to 1030 n, mi, (1900 km) in
frack mode,

At long range, a crude measurement of range can be derived from a knowledge of tar-
get intensity and sensor calibration, To first order, the range uncertainty AR can be
computed from

AR\Z _ _ag
R/  J.K.S

= uncertzinty in target intensity J (W/m?)
K = calibration constant (V/W)
signal (V)

where

[
1

2]
I

Assuming an uncertainty of £f factor of 2 in target intensity duz to variations in tem-
perature, emissivity, and projected area as a function of aspect angle, the range can
be estimated to an aceuracy of about +40%. An improvement could be achieved by con-
trolling the area-emissivity product of the farget as a function of aspect angle, but
this would place unreasonable consirainis on the spacecraft Gesign,

A% short range, where the target is resolved by the LWIR system, the range can he
determined with better accuracy by measuring the angular subtense of the target,

Measurement of targel size becomes impractical at very short range due to image
blurring, for a fixed-focus sysitem, If the sensor is focussed at infinity, the image
will be blurred by 10% af a range of approximately 10 times the focal length, This
criterion was used to establish minimum range, For a 10 cm, £/2 system, the mini-
mum range is on the order of two meters,

Bacause of the large uncertainiy in the range measurement, the LWIR system hag
virtually no capability for range rate determination,
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An angular resolution of 1 degree (0. 017 radian) is predicated arbitrarily on an array
of 30 essentially square detectors covering a 30 degree (0.523 radian) field of view.
This could be improved with a larger number of smaller square detectors, or with
rectangular detectors, resolution in the along-scan being determined by detector width,
and in the cross-scan direction by detector length, Cross~secan resolution could be
improved with Xalman filtering, This detailed trade was not conducted prior to elimi-
nation of LWIR in favor of ladars and/or TV.

The major considerations in eliminating the LWIR candidate were as follows (not
necessarily in order of importance):

Judged as a compleie subsysiem, LWIR provides only a very crude range measurement
and essentially no range rate or target aftitude information. Judged as a line-of-sight
sensor to be used in conjunction with range and attitude sensors, its primary advantage
is that it does not consirain the rendezvous tactics to approach the target from its sun-
1lit side. This advantage has only a smail impact on overall mission performance, as
discussed in Section 5. 2. 6, and is outweighed by a numbher of other factors., IEssen-
tially no capability incrcment results from adding an LWIR system to the «xisting tele-
vision, which is required for visual inspection. Substituiion of an LWIR scanner in
place of television to satisfy hoth line-of-gight tracking and visual inspection require-
ments, even if shown to be feasible, would result in higher system cost, weight, and
volume with reduced performance and reliability (see Tables 5-2 and 5-3).

5.2,4 LADAR SENSORS, Two obvious candidates in this class of sensors are the
GaAs scanning ladar (prototypes that have been developed for MSIC by ITT) and the
COg scanning ladar currently under study at Norden. Because of recent develop-
ments in high-frequency lasers, and the advantages of higher lasing efficiency and
shorter wavelength in comparison with COg, a high-frequency scanning ladar was pos-
tulated, assuming a design similar {o the Norden COg design, but with performance
scaled from 10, 6 um to 2.8 pm,

In addition to the scanning ladars, two non-scanning ladars were synthesized to com-
plement passive sensors limited to a line-of-sight capability. One provides range
only information; the other provides range and spacecraft-relative attitude.

The performance of itiese sensors in each applicable mission phase is discussed below,
hased on nominal system parameters appearing in Table 5-1,

The range equation used to evaluaie the ladar sensors is given by:

Pg Ag A

4
w(s/n)he Af L
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where

P = peak transmitter power (W)

Ar = receiver area (cm?)

1 = detector quantum efficiency

A = wayelength {cm)

w = transmitier solid angle (sr)

s/n = signal-to-noise ratio

h = Planck's constant (6.7 X 10'34j sec)
¢ = veloeity of light (3 x 1010 em/sec)
&f = electrical bandwidth (Hz)

I, = optical and electronic loss factor

Minimum range is device dependent, and is treated separately in the discussions of
individual candidates. The maximum range rate is highly variable, depending on range,
frame time, scanning geometry, and the extent ot which Kalman filtering is employed
in ephemeris computations, To provide a rule-of-thumb comparison of candidates,
maximum range rate was calculated singly on the basis of maximum range divided by
frame time (admittedly an oversimplification), Similarly, minimum range was calcu-
lated as range resolution divided by frame time.

Range resolution iz given by

cT
AR ===~
2

where T is the resolution of the measurement of pulse fransit time.
Angulay resolution was equated with instantaneous field of view {again, an oversimpli-

fication, but adequate for comparison of candidates). Maximum acquisition angular
rate was calculated by means of the expression.

3 _ ei"eh

where
9i = instantaneous field of view
65 = acquisition step angle
7, =number of acquisition steps per line .
7. =unumber of frack steps per cross line

td = acquisition step dwell {ime
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Minimum angular rate was determined as angular resolution divided by frame time.,
Target attitude accuracy is device dependent, and is discussed individually, To avoid
unnecessary repetition in the discussions of sensor performance that follow, param-
eters common to all candidates are listed in Table 5-1.

5,9.4,1 GaAs Scanning Ladar, The ITT GaAs scanning ladar, which has been under
development for several years, employs a GaAs pulsed laser and a piezo-electrically
driven scanning mirror system. The detector is an ITT image-dissecting photomulii-
plier, which is scamned electronically in synchronization with the laser scan, A sche-
matic of the system appears in Figure 5-6.

Assuwming a peak transmitted power of six watts, (GaAs lasers are currvently available
with three watts peak power; a development program with a goal of 60 watts is in prog-
ress) and a 1 kHz pulse repetition rate, the maximum range against the standard coop-
erative target is 44 n, mi, (81,5 km) in acquisition and 85 n, mi, (157.4 km) in fracking,

Used as a passive sensor, which requires removal of the narrow band spectral filfer
used for rejection of solar radiation, the maximum range can be extended to 1190 n, mi,
(2000 km) in acquisition and 3690 n, mi, (6900 km) in tracking, Passive performance

is limited by the star background; a discussion of the star-background-limited perform-
ance appears in Seection 5, 2, 5,
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Tesis of the GaAs ladar under development have demonstrated a temporal resolution
of 0. 67 usec in pulse transmit time, corresponding to a range resolution of 10 cm,
The minimum range capability is of the same order for a range only measurement,
As discussed below, a further limitation on minimum range is imposed for target
aftitude measurements.

Assuming an instantaneous field of view of 0. 1 degree (0, 0017 radian), an acquisition
step angle of 0, 8 degree (0. 014 radian), 376 acquisition steps per line, 64 track sieps
per line, and a step dwell time of 1 usec, the maximum angular rate for this sensor is
approximately 0. 025 deg/sec (0. 0004 rad/sec) in the acquisition mode, In track mode,
with a 64 X 64 element field of view, the maximum angular rate increases to 1.1 deg/
sec (0, 019 rad/sec),

The minimum angular rate (on a frame-to-frame basis) is 0, 0004 deg/sec (0. 6 E-05
rad/sec) forr the 140 sec acquisition frame time, and 0. 004 deg/sec (0, 6 E-04 rad/sec)
for the 14 second iracking frame time,

Measurement of target attitude is accomplished by measuring the range to each of
three retrorefleciors in g T-shaped pattern of known dimensions. A fourth retrore-
flector is used only in the initial measurement to resolve roll ambiquity, A limitation,
in terms of minimum range, is that the entire three-refroreflector pattern must be
contained within the field of view to permit measurement of target attitude, TFor near-
normal incidence, the minimum range is given by

oL,
Bmin™ —g

sﬁlg
2

where L is the retro separation and 0 is the total field of view angle, The minimum
range assuming a retro separation of 1, 8m and a 10 degree (0, 174 radian) field of view
is 9,41, This could be reduced by increasing the field of view, or by reducing the
retro separation, Increasing the field of view beyond about 30 degrees (0.523 radian)
is impractical, Reducing the retro separation is at the expense of atlitude accuracy,
which, on a single measurement basis at near-normal incidence is given by

A
Aﬂla-jgi

In the ITT system, the aftiude accuracy is improved by an algorithin thet compute rms
values of pitch, yaw, and roll angles on a multiple-measurement basis. An accuracy
of £1 degree (0. 0174 radian)in attitude has been demonstrated against a stable target.
Addifional analysis is required to determine the performance of this type of system
against a target that possesses angular momentum, In this analysis, the Tug guidance
and propulsion system characteristics, in addition to sensor characteristics, must be
taken into account, since Tug must orbit a rotating target to keep the refro pattern in
the field of view,
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5.2.4.2 CO9 Scanning Ladar, The COg scanning ladar currenily under study by Nor-
den employs a pulsed COg gas laser. Two-axis scanning is torque-motor actuated,
Heterodyne detection is employed to achieve photon-noise limited performance., A
schematic of the system appears in Figure 5-7.

The primary « ivantages of the CO, system over GaAs include the availability of high
power 002 lasers and considerably better quantum efficiency (0.5 at 10,6 pm as
opposed to 9 X 1073 at 0.9 pmj,

Agsuming 185 watts peak power (six watts average for 1 usec pulses at a puise repeti-
tion rate of approximately 30 kHz), the maximum ranze for the standard conditions
listed in Table 5-1 is 150 n.mi, (278 km} in acquisition and 270 n, mi, (500 km) in
tracking, comparing favorably with the GaAs system. Considerably greater maximum
range capability ie possible within current technology; the practical limitation on laser
power is esgentially one of system weight and electrical power requirements,

Operation in a passive mode would require the use of a cryogenically cooled detector
{not reguired for heterodyne detection in the active mode). Assuming a detector D¥

of 1.6 x 1011 om Hz1/2 W-1, the maximum range in acquisition is 268 n.mi. (496 km),
and 827 n.mi, (1532 km) in the tracking mode, using the range equation for LWIR pas-
sive detection presented in Section 5,2,3, Thus either the GaAs or the COg scanning
ladars could be configured to provide line-of-sight tracking at very respectable ranges
in the event of laser failure, or simply o conserve power during those portions of the
mission where line-~of-sight informaiion is adequcte.

Range resolution for the COg ladar is estimated by Norden to be 4. 2m on a single pulse
basis and 0, 42m averaged (filtered) over 100 pulses, This is more than adequate at
long range, but is marginal at close range, Minimum range in the docking mode (see
later discussion), based on a criterion of 10% defocussing and assuming a 10 cm, f/3
system, is three meters, although further analysis is required to refine this estimate,

The maximum angular rate, based on a 20% overlap of succesgsive scan lines, as in the
case of the GaAs ladar, and an acqu isition step time of 3 X 10~° sec, is approximately
0. 1 deg/sec (0. 0175 rad/sec), Frame-to-frame minimum angular rate is 0, 0003 deg/
sec (0. 052 mr/sec),in the acquisition mode,

The marginal range resolution capability of the CO, ladar makes it impractical to
employ an attitude-sensing scheme such as that used in the GaAs system. Norden
has proposed a technique that utilizes a circularly scamed low power laser (the local
oscillator in the scanning ladar system) in combination with a special circular target
on the target spacecraft,

The target consists of two maiched but staggered patterns on each side of a transparent
substrate, The top pattern is opague; the bottom patiern is diffusely reflective, The
relationship of the pattern grid size and the substrate thickness is such that the
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reflectivity is a maximum atnormal incidence, falling off with increasing angle of
incidence. A second pattern, conceniric with the first, consisis of a series of annu-
laxr rings of alternately high and low diffuse reflectivity whose width is varied so that
the reflectivity is a linear funection of distance from the center of the pattern,

The laser is scamned in a circular pattern over a small section of the target. The sig-
nal is approximately sinusoidal; from the relative phase of the signal with respect fo
the scan angle, the angular position of the misalignment is obtained. Using this errox
signal, Tug is maneuvered to maximize the reflected return from the central target
corresponding to zero relative attitude,

To obtain a range measurement in this mode, the scan cone angle is adjusted until the
ratio of the maximum and minimum signals over a scan period is equal fo a predeter-
mined value, TFor a pattern of radius r and a scan circle of radius rq1, the ratio of
maximumn and minimum signals is:

K e—a(r -1 1)

P — e
K e-a(l -+ 1)

2ar

Adjusting the scan cone angle S to obtain a ratio <. .al to a predetermined value e2a3:0,
the rangs is then rp/B where B is the ccne angle of the scan,

In prineiple, this concept apprars to be feasible. Further analysis is required, how-
ever, to determine the accurucy in range and aititude achievable with this approach.
Of particular concern is the effect on its performance with a spinning or tumbling target.

5.2.,4.3 High-Frequency Scanning Ladar, High frequency lasers, of considerable in-
terest in the field of high-energy lasers, have undergone considerable development in
the past few years. TFor the Tug application, high frequency offers two advantages over
COy: higher lasing efficiency and shorter wavelength (2. 8 um as opposed to 10, 6 for
COg). For this reason, a brief analysis was conducted to determine the performance
of a system similar to the Norden CO2 ladar, but operating at 2.8 um,

To first order, the 8/n ratio is inversely proportional to the wavelength for an active
system employing retrorefleciors; the retroveflector cross section is proportional to
the square of the wavelength, and the phofo-noise-limited NEP is proportional o the
wavelength, Referring to the range equation at the beginning of this section, the range
advantage of high frequency over COg (all other factors being equal) is the fourth root
of the ratio of wavelengths, or a factor of approximately 1.4, Except for minor design
detaiis, the performance numher in Tables 5-2 and 5-3 reflect this advantage,

Calculations of performance in 2 passive mode were based on reflected solar radiation
in the 1-3 um wavelength region.
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Detailed analysis of the high frequency candidate was deferred pending comparison of
the COy ladar with other candidate sensors, In view of the selection of a combined
GaAs/TV system, no further effort was expended to obtain a detailed comparison of
HF vs COg ladars,

5.2,4,4 Ranging Ladar. In considering passive sensor candidates with limited capa-
bility for measuring range and range rate, a complementary sensor was postulated
to perform these functions,

The concept is simply o use a pulsed GaAs emitting diode with a relatively wide, fixed
field of view boresighted with the line-of-sight sensor. A large area photodiode, cov-
ering the field of view of the emitter, is used for detection,

Using the standard set of conditions for comparison with other sensors, the maximum
range in tracking mode is 4 n. mi, (7.4 km), assuming six watts peak fransmitted power
and a bandwidth of 150 MHz, In practice, the field of view for this sensor could he
considerably reduced to allow for line~of-sight errors in passive tracking, boresight
error between the ladar and the passive sensor, and the Tug pointing jitter, Based on a
1 X 1 degree (0, 174 X 0, 174 radian) field of view, the maximum range increases to

22 n,mi, (40.7 km),

Using the processing technique employed for the GaAs ladar system, a range resolution
of £10 cm is achievable. Minimum range is also approximately 10 cm, Since the field
of view is fixed, no angular information is provided by this sensor.

5.2.4.5 Tricolor Ladar. The tricolor laser diode docking sensor (Figure 5-8) is
typical of the configuring of a candidate to meet specific limitations of other subsys-

tems. It is a simple (hence reliabie},
o] 0 LASERDIODE |—» «—p " ] A, RETRO light, and low-cost sensor system
PULSE
cEneraton |-»] 2 LASER DI0DE | -q-D Ao RETRO

recently investigated under company
o3 LASER DTa5E 1 5] AzneTho funding, it shows promise as a ter-
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Figure 5-8. Tricolor Laser Diodes
Docking Sensor
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Based on a peak iransmitted power of
1 watt and a bandwidth of 150 MHz, the
maximum range for this sensor is esti-
mated to be 1,77 n.mi. (3.28 lm), ade-~
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for ranging, if used in combination with
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a passive line-of-sight sensor. The range resolution, assuming the use of the data
processing technique developed for the GaAs ladar, is #10 cm, Ranging can be accom-
plished down to a minimum range of about 10 cm,

The minimum range for attitude sensing is limited to approximately 9. 4 meters, below
which the retroreflector pattcrn is larger than the field of view, This is a serious
drawback for any system using a retroreflector pattern for attitude sensing, One pos-
sible solution would be to employ an interferometric technique for the range measure-
ment, The high prec.sion possible with interferometry would permit the use of a much
smaller target pattern, However, the complexity of an interferometric system presents
a reliability problem, aud would involve a ccstly development program,

The accuracy of the tricolor ladar in meas-
uring target attitude, based on the ratio of
range resclution to refro separation dis-
tance, is approximately 5 on a single-pulse
basis, This can be improved by filtering in
a manner similar to that employed by ITT
for the GaAs scanning ladar.

The tricolor ladar measurement does not
VARIABLE  provide roll information. The angle that
gfiﬁ;v is measured is the resultant of pitch and
yaw, Thus, an independent measurement
of the roll angle is required. This can be

accomplished with TV (see TV discussion),

MAXIMUN SIGNAL OCCURS WHEN Alternatively, the retro pattern can be
RETICLE ISALIGNED IN ROLL WITH - .
IMAGE OF RETRM T/ RN imaged on a three-segment tricolor reticle

with a servo loop to rotate the reticle for
Figure 5-9, Reticle for Determination maximum signal strength. One possible

of Target Roll Angle reticle design is shown in Figure 5-9.

5.2,5 TELEVISION, From a system standpoint, the use of television as a rendezvous
sensor is quite logical; since it is required for satellite inspecticn, it can also be used
to perform most of the rendezvous functions, A few additional requirements are im-
posed on the TV system in making it serve a dual purpose, but the basic capability
required for satellite inspection is for the most part adequate for rendezvous sensing,

A description of the proposed system is given in Section 5,5. The range equation is
given by

IO'AR
~ s/n (NEP) L

where I is the solar irradiance on the target within the spectral bandpass of the detec-
tor, and the remaining terms are as previously defined, The exoatmospheric solar
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irradiance in the 0.4 to 0, 7 um wavelength interval is approximately 540 W/m?2,
Assuming a 10 m? target, 5% of which is diffusely reflecting, the effective target
cross section is 0, 16 m2/sr.

Although the frame time is 140 seconds in acquisition and 14 seconds in tracking, the
exposure time for the TV system must be restricted fo approximately 0.2 second fo
avoid smearing of the target due to *arget angular rate and Tug pointing mstability.
For an integration time of 0.2 seconds, the NEP for a Secondary Electron Conduction
(SEC) vidicon is approximately 2 X 10~15 watts. Silicon-Intensifier Target (SIT) per-
formance is better by an order of magnitude.

TFor the standard conditions listed in Table 5-1, the acquisition range is 1400 n. mi,
(2593 km) for a SEC vidicon, and 4110 n, mi, (7612 km) for a SIT vidicon, assuming
detector-limited operation, Against an earth background, the LLLTV system would be
severely background limited; the use of TV as an acquisition sensor thus would place

a constraint on the target approach frajectory to ensure operation against a space
background.,

Discrimination against stars by observing target angular velocity relative to the stars
is impractical because of the long observation times required, However, the number
of stars of visual magnitude greater than that of the target contained within the selid
angle corresponding to the GN&C system pointing uncertainty is relatively smail, and
diserimination can be accomplished by comparison of the data field with a star catalog
{see discussion in Section 5. 3. 1),

At long range, where the target is effectively a point source, no range information is
available from LLLTV data, The target intensity may fluctuate by as much as a factor
of 10% due to specular glints, and thus it is not possibie to measure its intensity and
calculate range from a l/R2 dependence, At short range, where the target can be re-
solved, the range can be determined from the angular subtense of the target. With
man in the loop, using interactive graphics to display a silhouette superimposed on the
target image, the accuracy of the range determination will closely approach the ratio
of angular resolution to target angular subiense, For example, with an angular resolu-
tion of 1 prad, the range can be determined to approximately 10% for a three meter
target at 300 meters, Range rate can be derived by differentiation of the range meas-
urement as a function of time,

For a frame time of 140 seconds and an angular resolution of 0. 06 degree (0. 0105
radian) the average angular rate can be determined to an accuracy of 0, 0004 deg/sec
(0, 7 mr/sec). Angular rate accuracy corresponding to a 14 second frame time is

0, 004 deg/sec (7 mr/sec).

LLLTV can also be used to determine target atiitude, employing interactive graphics,
with operator conirol of attitude and size of a simulated target superimposed on the
target image., TFurther study is required to determine the accuracy achievable with
this technique as a function of target size and shape. For targets with rotational
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symmetry, it may be necessary to provide a pattern on the target vehicle o aid in
attitude determination,

o

5.2,86 THE PRACTICALITY OF SOLAR ILLUMINATION OF TARGET SPACECRAFT,
The preceeding investigation illusirated the maximuwm acquisition and tracking range
improvements that can be achieved utilizing solar illumination of the target spacecraft.
The requirement for solar illumination constrains both the rendezvous trajectory as
well as the surface properties of ihe target spacecraft (size, shape, and reflectance
properties). An analysis was undertaken to evaluate these two constraints for rendez-
vous missions,

5.2.6.1 Ideal Diffuse Targets. Two ideal cases were initially considered: =a cube
with sides of area A and a ¢_linder of radius R and length L, For a flat plate,

4
d= ISAP cos 6; cos 6,
where
p’ is the bidirectional reflectivity (= p/m for a diffuse surface)

8; is the angle of incidence of solar radiation from the surface normal to
the sunline

Br is the observation angle, from the surface normal to the line of sight
For two flat plates at right angles (two sides of the cube)

J= ISAp'(cos 8; cos 6, + sin g, sin 8,,)

=I Ap’ cos(;-6,)

teteela

The normalized signature of a cube as a function of the angle between the sun line and
the Tug-target LOS, (Gi - 91,), is presenfed in Figure 5-10. For a cylinder with geom-
efry as depieted in Figure 5-11, the minimum signature occurs when the sun line is
normal to either the body axis or the end surface, and depemis on the ratio of the ':‘rf\
length to the diameter, The effect of (8i- 8,) is also presented in Figure 5-10 for .
both cases, Similar piots appear in Figure 5-12 for three different length-to-diameter

ratios,

Target intensity is most eritical for hiph-altifude missions (such as geosynchronous)
hecause of the potentially larger dispersions in Tug position. TFor rendezvous at geo-
synchronous altifudes, the sun will be approximately in the plane of the trajeciory.
Referring to Figures 5-10 and 65-12, the acquisition window for a target in a 24-hour
orbit is approximately (6;~6,./360)X 24 hours, The minimum intensity within a given
window is shown in Figure 5-13 for a cube and for a cylinder with an L/D ratic of 2,
based on a solar irradiation of 500 W/m? in the 0, 4 to 0, 7 #m spectral hand, and a
diffuse white target.
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STATIONARY CUBE OR CYLINDER
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Figure §-11. Cylindrical Target
Geomeiry

The nominal target used in calculations
of rendezvons sensor performance in
preceeding subsections was 10 mz, with
§% of the surfr.ce white and diffusely re-
flecting, resuliing in an intensity of 86
W/sr., From Figure 5-13 it can be seen
that a diffuse white cube, 1 m2 on a side,
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is equivalent to the nominal target within a window of £4 hours, and a diffuse white
cylinder 1 m2 on the ends and a length-to~diz.: aeter ratio of 2 ig equivalent fo the
nominal target within a window of 42 hours, These times are quite sufficient for
rendezvous trajectories that we have investigated (prineiy "1y geosynchronous),
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2,2, 6.2 Representative Spaceccrafi. As
an example of the extent to which existing
satellites (or future satellites not specifi-
cally designed to Tug retrieval require-
ments} might depart from an ideal diffuse
target, the visible signature of the Air
Force P72-2 satellite was caleulated,
first using measured bidirectional reflec-
tivities of the materials actually used in
its construction, and then assuming that
all surfaces were diffuse (but with the
same total reflectance as in the first case),

Convair has developed a sophisticated com-~
puter program specifically for calculatiag
satellite signatures, The first major ap-
plication of this program was o predici
the signature of the Apollo Lunar Module
{LM) as seen from the Command and
Service Module (CSM), Based on our
signature calculations for LM (a very
complicated shape), NASA personnel cal-
culafed the anticipated time of acguisition
from the CSM, Actual acquisifion occur-
red within one second of the predicted
time, Figure 5-14 is a comparison of the
predicted signature and photomeiric ob-
servations of the RADCAT satellite, pro-
viding another verification of the accuracy
of this prediction technique,

The P72~2 satellite ig illustrated in Fig-
ure 5~15, Note that an appreciable per-
centage of the surface is comprised of
specular materials,

Tigure 5-16 presents plots of the radiant
intensity of the target as a funciion of time
for thr ee different sun-target-observer
geomeiries, The target was in a 400 n,mi,
(740 km) polar orbit; each pass constituted
1/6 of an orbit,
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1t is significant that nowhere is the nominal signature less than 50% of the ideal diffuse
signature, despite the high percentage of specular surfaces on the nominal target. The
minimum intersify of the satellite as constructed is approximately 26 W/sr. Acquisi-
tion range for such a target with either the GaAs SLR or LLLTV sensors would be ap-
proximately 1600 n,mi, (3000 km),

For rendezvous af low altitude, the acquisition range requirement will be reduced by at
least a factor of 10 because of the much lower Tug dispersion, Using the baseline ac-
quisition sensor, a target intensity of ’ess than 1 W/sr is more than adeguate for 300
n,mi, (560 km) acquisition, This corresponds to a diffuse white surface of 0. 005 m?,
It would be extremely difficult to design a satellite with such a low signature; there
should be virtnally no impact on the design of low altitude satellites to satisfy Tug
acquisition requirements.

5.2.6.3 ©Spacecraft Surface Conditioning, For spacecraft of the size typical of thosz
being considered for Tug retrieval, it is quiie feasible to design the spacecraft to
provide a minimum radiant intensity of 86 W/sr from any aspect within the constraints
of thermal conirol requirements, Thermal confrol is normally accomplished by the
use of diffuse white paints (such as Z-93), with second-surface mirrors, or with alu-
minized or silvered flexible materials (such as Teflon and Kapton). Freguentily, a
large percentage of the total surface of a satellite is covered with solar cells,

Using white paint, the area required for a p’ A product of 10 (0, 05) 1/7 = 0, 16 m2/sr,
assuming a total reflectance of 0.9 in the 0.4 to 0.7 gm regions, is approximately 0.55 m2,
This is not a stringent requirement; the majority of satellites utilizing white paints for
thermal controi will meet this requirement automatically.

In the case of spacecraft using second-surface mirrors, the situation is different.
Second-surface mirrors currently in use are specularly reflecting, and can be char-
acterized by an effective p' = 104 sr-1 (corresponding to the reciprocal of the solid
angle subtended by the sun), but only at the angle of specular reflectance. Thus
second-surface mirrors will produce glints of high intensity — 500 W/sr per cm

of surface — at the specular angle, but essentially zero elsewhere.

In the special case where the satellife is roughly spherical, and the radius of curvature
is such that adjacen{ mirrors are canted at an angle of less than 0.5 degree, the sig-
nature will be essentially the same as for a diffuse target of tie same size and shape.
For cylindrical or rectangular geomefry, however, the signature is highly dependent
on target attitude and cannot be ¢ounfed on to provide a continuous source. Some mod-
ification of the optical properties of second surface mirrors will therefore be required,
The situation is similar for aluminized flexible materials,

Convair has recently completed a program uader SAMSO funding to develop diffusely
reflecting second-surface mirros and aluminized flexible materials, while at the same
time maintaining thermal performance (less than 1% degradation in solar reflectance),
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The development effort was successful, and the process is quite inexpensive, In quan-

tity, diffusely reflecting second-surface mirrors can be produced at a lower cost than

for the conventional type. Diffusely reflecting mirrors of the Teflon/aluminum type

can be produced at a slight premium over conventional costs, Approximately 0,5 m?
of diffuse second-surface mirrors are required for the nominal signature,

The Air Force is currently investigating technigues for achieving diffuse refle~tance
from solar cells, Convair is participating in these investigations, Based on the suc-
cess with second-surface mirrors, and the similarities in construction of solar cells
and second-surface mirrors, we believe that diffusely reflecting solar cells will be
well within the state of the art by 1978. If is also quite likely that such cells will be
slightly more efficient {(by 1 or 2%) than specularly reflecting cells, The total reflect-
ance of solar cells in the 0.4 to 0. Tum region is approximately 0.2, Assuming diffuse
reflectance, a solar array area of 2.5 m2 will be equivalent to the nominal targ;et.

5.2.6.4 Summary. Thus, for cooperative targets, the thermal control designer will
have a number of options. An effectively diffuse target with a radiant intensity of 86
W/sr can be achieved (assuming a specular surface and roughly spherical geometry)
by providing 0, 55 m2 of diffuse white paint, 0.5 m? of diffuse second-surface mirrors,

2.5 m? of diffuse solar cells, ov any appropriate combination thereof.

In those very few cases where mission consiraints preclude a thermal control system
with these characteristies, a less efficient (from the standpoint of performance) ren-
dezvous maneuver may be required, based on a reduced acquisition range,

It should be noted in either event that the vieinity of the spacecraft docking port must
be surface conditioned for the application of scanning ladars or LLLTV to avoid the
problems of spurious specular reflections from adjacent surfaces,

Other than the simplified approach taken in Figure 5-13, no analysis has been conducted
to evaluate the impact of solar illumination on orbital operations.

5.3 GN&C SUBSYSTEM CAPABILITY ASSESSMENT AND CANDIDATE SUBSYSTEMS
SELECTION

The objectives of this system-level trade were to evaluate the coniribution that the
GN&C subsystem can make to the Rendezvous & Docking subsystem, and to further
narrow the selection to a single antonomous subsystem candidate and a single remote-
manned subsystem candidate,

The candidate options are those that were defined within the sensor options trade. The
selection eriferia in this section are principally performance adequacy, followed by
reliability, weight, cost, and power (in ranked order) as derived in preceding section,
This section principally deals with establishing performance requirements and assess-
ing the GN&C subsystem,
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5.3,1 RENDEZVOUS AND DOCKING, DIRECT ASCENT APPROACH, The initial
rendezvous of a retrieval or servicing mission may be accomplished either by direct
ascent (ihsertion in clase proximity to the target spacecraft) or by the phasing ap-
proach (insertion into ¢. — usually lower altifude — phasing orbit and dvift into prox-
imity of the spacecraft), A direct ascent rendezvous is near optimum in impulse and
iime, and is the more efficient choice, if it can be demonsirated, The maneuvers
(Figure 5-17) consist of an injection into an elliptical phasing orbit with perigee at
the Shuttle orbit and apogee adjusted to provide the required phasing with the orbiting
spacecraft and accomplish this phasing in the minimum time (viz. ; at the lowest alti-
tude). The phasing orbit will also generally include a plane change., Not shown on the
figure are the small mideourse corrections required to trim the phasing orhbit.

Ideally, injeetion into the primary ascent ellipse occurs at perigee (the node) of the
phasing orbit and generally includes a plane change, Midcourse corrections tend to
cluster toward the end of the transfer to minimize the position (phase) uncertainty at
the insertion point,

Insertion into the target spacecraft's orbit ideaily occurs at apogee of the perturbed
transfer ellipse and consist of the velocity required to match the spacecraft velocity

at this point., Inseriion should oceur in close proximity to the spacecraft fo minimize |,

the time/impulse required to close to within inspection distances, This, in turn, re-
quires precise navigation to ascertain Tug's current state and precise guidance to

SMALL MIDCOURSE
‘ CORRECTIONS

MANEUVER 3, APOGEE BURN INCLUDING
CIRCULARIZATION & PLANE CHANGE
{(EXAGGERATED)

GEOSYNCHRONOUS ORBIT ‘ PRIMARY TRANSFER TRAJECTORY.

PHASING ELLIPSE

.
>

MANEUVER 1, INJECTION INTO
SHUTTLE ORBIT PHASING ELLIPSE
[PLANE CHANGE EXAGGERATED)

MANEUVER 2, INJECTION INTO
PRIMARY ASCENT ELLIPSE
{PLANE CHANGE EXAGGERATED} "

_—

Figure 5-17. Gross Rendezvous Mission Profile (Direct
Ascent to Geosynchronens Orbity
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mateh the state of the target spacecraft at the conclusion of the insertion burn, If this
could be accomplished exactly — that is, if rendezvous with the assumed target position
could be accomplished without error — the remaining (position) uncertainty would be
that uncerfainfy of the target spacecraft orbit, viz., 1,0 n, mi, (1,95 km) spheriecal
radiug at geosynchronous altifude. Such dispersions are well within the capabilities of
docking sensors investigated in the previous section. The extent that this can be ac~
complished will determine whether a short, medium, or long range rendezvous sensor
would be required and whether an insertion info an intermediate phasing orbit would be
necessary.

Figure 5-18 illustraies selected target-related {rajectory parameters, on a direct
ascent rendezvous io geosynchronous aliifude including expected dispersions (Section 2).
Superimposed on the figure is the fracking performance of the eandidate sensors. Re-
call that, in traclk, the sensors provide only line of sight (L.OS) data, Range data — to
be of use — must oceur prior to the reorientation maneuver for the insertion burn,
which occurs approximately 250 n,mi. (460 km) from the target, Further, as is ap-
parent from the dispersion regions noted in the figure, just prior to the insertion burn
is actually too late to effect a correction of the inseriion target point, so that range data
would be required, at even larger ranges, Ouly the gas laser ladars are capable of
this extended performance, What is required is early measurement of the LOS, as
afforded by the GaAs SIR or LLLTV sensors with a solar iHluminated spacecraft,
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Figure 5-19 illustrates L.OS accuracy available versus relative range to the target
spacecraff, The knowledge of the target spacecraft's position is fixed at 1. 0 n, mi.

(1. 85 km) spherical radius, At large distances this constifutes an excellent knowledgn
of the LOS from Tug to spacecraft, even with Tug's navigation wncertainty in ifs own
position included, (See Table 2-3 of Section 2 for justification of the 1,5 n, mi, (2.8 km)
3¢ navigation performance, utilizing the baselined Interferomeiric Landmark Tracker
update sensor, which is incorporated in Figure 5-19.) Since this cnboard knowledge of
LO8 degrades inversely with relative range, the measurement accuracy available from
the candidate long range travking sensors could improve onboard knwoledge at ranges
less than 2500 n, mi, (4630 km). Either of the long range fracking sensors (employing
solar iflumination of the 2pacecraft) could lock on hefore the tracking uncertainty had
degraded beyond 0, 06 ciegree (0, 001 radian), Thus, 0.06 degree (0,001 radian) is an
upper limit of tracking uncertainty providing that the tracking sensor can dis:*riminate
the target from its background.

Discrin:inating the target from its stellar background requires knowledge of the loca-
tion of the stars within the tracking sensor's field of view (FOV). Restricting the
observed FOV can resulf ina star catalog of moderate size (Figure 5-20). The limifed
pointing accuracy is that of the Tug attitude control system in '"fine'" mode and is 0, 1
degree (0. 0017 radian); that is, a 0.2 degree (0. 0034 radian) FOV would suffice at the
maximum tracking range of the candidate sensors (preceding figure)., A star catalog
to +9 MV for a 3 X3 degree (0. 052 X 0, 052 radian) (dispersed) FOV would result in a
storage requirement of less than 70 words. Even smaller catalogs would suffice if
uploaded via ground stations,
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Figure 5-18, Tracking Uncertainty
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&

A star tracker is included in the baseline GN&C subsystem and its performance was
investigated as noted on the figure. Since this device is only meant to track bright
stars (brighter than +3 MV). it is of little use in long-range tracking.

It was concluded that the requirement for spacecraft acquisition can be circumvented
by pointing the tracking sensor (Tug) at the spacecraft and discriminating betwean the
spacecraft and its background via a star catalog. The navigation subsystem has the
required accuracy for this pointing (Figure 5-19),

Figure 5~-21 illustrates how knowledge of 1.OS, when added to the navigation Kalman
filter, can improve overall knowledge of the target relative orbit including reduction
in range uncertainty. A conceptual explanation follows,

The %0.06 degree (0. 001 radian) sighting uncertainty represents a sighting error cone
with a 0. 06 degree (0,001 radian) half angle. Since range information is lacking, the
full error volume represents the target uncertainty volume for ranges exceeding the
maximum tracking range of the sensor (i.e., the quoted ranges are conservative).
However, knowledge of orbital mechanics and the approximate apex of the error cone
allows conic propagation of the cone fo the next sighting point. Thus, it is the inter-
section of the two error cones that represents the uncertainty at qs greatly reducing
the range uncertainty.
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In the actual application, it is moxre than LOS information that is being fed into the navi-
gation Kalman filter, ensuring rapid convergence of the knowledge of the relative mo~

tion. This is summarized in Figure 5-22, which represents an extension to the analysis.

Continuous guidance and numerous — but small — midcourse corrections (APS propul~
sion) can provide insertion to within 2.8 n.mi. (5.2 km) of the aiming point. Since the
target is known to within 1.0 n.mi. (1.95 km), this insertion accuracy i3 equivalent

to within 3.0 n.mi. (5.6 km) of the target. I is estimated (simulatir.. resulis were
Incomplete) that the addition of LOS angles into the navigation Kar.:an filter will result
in an insertion on the order of 1.0 n.mi. (1.85 km),

Accurate knowledge of insertion position can minimize intentional biases (to avoid
searching 47 steradians) and the time/impulse required to eclose to within inspection
distances. Once insertion to within close proximity is accomplished, insertion vel-
ocity dispersions are quickly and accurately removed by nulling out LOS angular rates
and establishing a suitable closure velocity with the spacecrait.

Ranging is not easily accomplished with the candidate sensors (Figure 5-23). Ifa
direct ascent approach is employed, reorientation for the orhital injection burn must
be accomplished around 250 n.mi, (468 km). Only the high powered gas ladars (COqy
and high frequency) are ensured this capability, although MSFC is investigating ex-
tending the GaAs SIR to this range.
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After insertion, all of the candidate sensor can range — but to varying accuracy. In
particular, LLLTYV is only marginaily adequate in this application.

Note that the aufonomous navigation capability in itself is not adequate for terminal
rendezvous. The navigation improvement shown resulfs from adding LOS measure-
ments into the navigation Kalman filier; if range information were also available, in~
sertion accuracy could safely support placement of Tug within 3000 feet (914 meters) .
of the target.

The SLRs provide excellent terminal rendezvous sensors but are somewhat lacking
when it comes to docking. CO, can approach within 10 feet (3. 05 meters) but suffers

in aceuracy unless digital filtering is employed within the unit itself (i,e., at the puls-
ing rate). GaAs has sufficient accuracy but is presently limited to 31 feet (9. 14 meters)
due to an inahility to retain all three retroreflectors with its restricted FOV, 20 degrees
(9. 35 radians); ranging can continue to final docking if attitude determination is foregone.

Conversely, LLLTYV is marginally adequate for terminal rendezvous but potentially
excellent when it comes to docking. The performance illusirated is based upon a
variable 2 to 20 degrees (0. 035 to ).35 radlan) FOV (zoom or turret lens) and cannot
be much improved, Simulatior studies are required fo evaluate LLLTVs applicability
to terminal rendezvous and docking (see Section 5.4).

It was concluded that the GN&C Subsystem can insert within 3.0 n.mi. (5.6 km) of a
target-relative aiming point unassisted, and within 1.0 n,mi, (1.85 km) of a target-
relative aiming point utilizing LOS measurement from 2500 n.mi. (4630 lam) to the
initiation of the insertion (main engine) burn. (These LOS measurements presume
solar illumination of the target.) Either approach obviates the requirement to obtain
range prior to insertion on direct ascent; the candidate sensors can all supply post~
insertion range but to considerably varying accuracies,

5.3.2 RENDEZVOUS AND DOCKING, PHASING ORBIT APPROACH. Although the
preceding analysis has shown that direct ascent rendezvous is preferred (to an injec-
tion into a phasing orbit) on an inifial rendezvous, a subsequent rendezvous — such as
would be required on a placement/retrieval mission or a servicing sortie — generally
requires phasing to another spacecraft in the same (or nearly the same) orbit. This
presents a considerably different approach profile,

Figure 5~24 illustrates a simplified view of the terminal rendezvous profile utilizing a
phasing orbit approach. Both circular and elliptical phasing are shown, the difference
being only whether a circularization burn is executed af perigee of elliptical phasing
orbit (lower point 2 of the figure). The principal advantage of eircular phasing is that
the approach is at a constant relative aliitude difference, eliminating any requirement
to adjust the orbit period so that the reinjection point (point 4 of the figure) occurs
near apogee of the phasing ellipse. The principal advantage of elliptical phasing is
that it provides minimum impulse phasing in minimum time when phasing through
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Figure 5~24, Terminal Rendezvous Profile, Phaging Orbit Approach

large angles, viz., through several complete orbits (five orkits ~ that is, five days
at geosynchronous altifude — are shown on the figure),

The selection of eircular or elliptical phasing in a specific circumstance de};ends cn
the initial phase angle and whether time or AV is more critical. I the time constraint
can tolerate several phasing orbits, elliptical phasing will generally result in a smal-~
ler AV,

In either event, the initiation of the insertion burn (point 4 on the figure} can be accom-

plished with navigation information only, with navigation together with LOS measure-

ments added fo the navigation Kalmar filter (as before), or with navigation information

together with LOF and range obtained from a scanning ladar. This latier case is pos-

sible because the approach velocities are much reduced over the direct ascent case :

( particularly with elliptical phasing, which theoretically rendezvous at apogee) and the A
AV burn reguired correspondingly much shorter. '}5

Due to the long coast and small burn required in either case, the GN&C insertion cap~
ability will be correspondingly better than that for direct ascent insertion and is suffi-
cient in itself, Thus the direct ascent mission profile provides the driving require~
ments for subsysiem operation.

5.3.3 SUMMARY AND CANDIDATE SUBSYSTEM SELECTION. Figure 5-25 is an
updated swi: nary of the candidate sensors (including their generic derivatives) that
were evaluated for each of the six functional phases.
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The navigation subsystem's star tracker was added as a candidate since it is on board
and essentially a no~-cost system in terms of dollars, weight, power, etec., and can
also provide spacecraft position (which appears as a star on a star background), Un-
fortunately, its performance is too poor as a competitive candidate,

LLLTV must be a part of the Rendezvous and Docking Subsystem since it is the only
candidate for inspection, and the only reasonable candidate for docking port search
and alignment,

Autonomous navigation capability is essential for the acquisition phase and will be util
ized throughout the rendezvous phase. In this respect, the tracking sensor provides
additional input to the navigation (Kalman) filter enabling insertion in cloger proximity
to the spacecraft. Both the Scanning Ladar and LLLTYV can provide this capability.

None of the candidate sensors remaining from the initial screening can provide prein-
jection range for the direct ascent rendezvous due to the required range {(greater than

300 n.mi. or 560 km), However, autonomous navigation can provide insertion to within .
3 n.mi. (5.6 km) alone, and to within 1 n.mi. (1.9 km) employing the tracking sensor
(Figure 5~-22). Hence range is only required postinjection. Any of the three Ladars can
provide this capability,

The Scanning Ladar provides the inherent capability for autonomous docking, although
insufficient analysis and testing have been accomplished to confirm its capabilities.
LLLTYV zlone is believed to enable docking through a remotely situated supervisor,
alfhough this remains to be demonstrated (see Section 5.4). Iis principal flaw is being
— of necessity — very slow; coupling with either the non-scanning Ladar or the Tri-
color Ladar ranging sensor greatly improves its performance.

It is concluded that the GaAs SLR and LLLTV, the Ladar and LLLTV, or the Tricolor
Ladar ranging sensor and LLLTYV can accomplish the mission. If insertion accuracies
to less than one mile (1.9 km) can be achieved employing LOS, LLLTV alone might
suffice.

Note however that of remaining candidates, only the GaAs Scanning Ladar and its generic
equivalent, the Tricolor Ladar docking sensor, provide the possibility for fully auto-
nomous operation, Since the GaAs SLR is currently in development, it is the obvious
choice, What remains then is to evaluate a fully autonomous subsystem (utilizing GaAs
SLR) and a remote-manned subsystem (utilizing the LLLTV sensor) — principally in

the docking phase of the mission (see Figure 5-25) — to ascertain their adequacy. This
is a prerequisite to final selection of the baseline subsystem.,

5,4 REMOTE-MANNED RENDEZVOUS AND DOCKING FEASIBILITY DEMONSTRATIONS
The development of 2 simulation for remote~-manned rendezvous and docking utilizing

slow-scan, low light level TV (LLLTV) was conceived and initiated as a company-
funded indepndent research and development (IRAD) effort in mid-7974 in response to
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separate technical discussions held with both NASA (MSFC) and Air Force (SAMSO)
personnel, The IRAD's (10 month) effort was limited to modification, checkout, and
validation of simulator hardware specific to this task in Convair's Visual Simulator
Laboratory and to the development of simulation (digital computer) software.

The docking feasibility demonstration (Section 5. 4. 7) for the Space Tug Avionics Defi-
nition Study (NAS8-31010) was accomplished using this facility.

5.4.1 OVERVIEW, Figure 5-26 illustrates the simulation study area. The docking
supervisor's console appears in the background, the test conductor's console in the
foreground, and a teletype is located between these two consoles for communication
with the remotely located simulation (digital) computer.

The test conductor's console has three television displays. The one in the center is
identica' to that on the docking supervisor's console. On the left is a continuous space
view as would be seen by Tug via a continuous (rather than frame-by-frame) TV cam~
era. On the right is a wing view camera designed to prevent collision hetween Tug's
camera (on a carriage riding on rails) and the sting-mounted spacecraft.

The study area is located in a quiet area with an observation area behind floor-to-
ceiling glass walis. Throughout simulation runs, the console operator has his back
to the displays on the test conductor's console, hence avoiding false cues.

Figure 5-26 Convair's Kendezvous and Docking Simulaticn Study Area
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The novel LLLTV sensor system envisioned ¥or manned, remote rendezvous and dock~-
ing is more like a still camera than a broadeast TV (Figure 5~27). A single "still"
frame is "exposed" by an electronic shutier (grid gate) and slow-scanned (destructively
read) as it is being sent to the ground. This substantially reduces transmission band-
width and is well within the requirements established by manned, remote operations

at some sacrifice in resolution. Resolution could be subsequently recovered on the
next frame by an electronic pan, tilt, and zoom within the image section of the space-
horue vidicon should this become a requirement.

There are no technical concerns associated with the LLLTV sensor system. Analysis
has shown that LLLTV, such as would be required for docking inspection, could pro-
vide a suitable acquisition sensor for either an autonomous or remote manned rendez-
vous/docking subsystem. A manned, remote simulation has demonstrated its feasihil-
ity during the rendezvous (Section 5. 4. 6) and docking (Section 5,4.7) phases. Should
it prove fully adequate in subsequent detailed simulation studies and tests, an order-
of magnitude savings ca< be obtained for early rendezvous and docking operations.

5.4.2 OPERATIONAL SCENARIO. An getual scenario of the terminal phase of re-
mote, manned rendezvous and docking might be as follows: at an assigned time, the
supervisor situates himself at a TV monitor or large video projected display, such as

DEPLOYMENT | D FRAME SELECTED
FOR VIEWING BY
DOCKING COMMANDS T OPERATOR
{1 KBPS) /// //
7
DIGITALLY 1
ENCODED [ '
iDe g OPERATOR CONTROLS
0 kaps) ELEGTRONIC:
° Z0OM :
= Pal _ FRAMES
e TILT ASSEMBLED
IN VIDEO
MISSION ’ DISC FILE
~_JcoNTROLf ¢

TZ /3 ;—}TJ

s

¢ ELIMINATES PAN/TILT GIMBALS
& ZOOM MECHANIEM

® REDUCES BANDWIDTH TO L0 KBPS

Figure 5-27, Frame-by-Frame Communication System Concept
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shown in Figure 5~28, to perform the in-~
itial checks. Following a variable delay
(typical of transmission delay between the
ground and space networks), a picture
appears. The supervisor periadically (or
automatically) requesis a ne+ image and
scang the last score or so of frames by
means of 2 video digc recoraer, attempt-
ing visual sighting by means of standard
time-compression techniques or with the
aid of known star sightings. Following
visual sighting, the supervisor initiates
the tracking mode, wherein he locates a
Tigure 5-28. Supervisor's Control Station  range reticle on the target, This provides

line-of-gight (LOS) angles for each display
and L.OS angular rates (which can be derived by difference techniques). These sightings
support the injection burn to place Tug in close proximity to the spacecraft.

Following the insertion burn, visual zighting is once again established and the LOS in-
formation is provided for guidance corrections. Eventually, the target's known crogs
section permits the supervisor to make a crude range (hence range rate) measurement
by adjusting a range reticle ring to the cross section. Once target details can be dis-
cernad, a standard orientation can alsc be commanded by rotating the range reticle
index to line up with a desired target feature, These esiimates get progressively
better and allow closure to the near proximity of the spacecraft (e.g., to 100 feet,

30. 5 meters) for visual inspection.

Inspection entails a slow orbiting maneuver about the spacecraft, with the upper stage
longitudinal axis essentially aligned with the upper stage-to-spacecraft vector. During
inspection, the spacecraft's docking adapter is located, the spacecraft commanded to
latency, and the orbiting rate adjusted to align with the docking adapter. Controlled
closure then achieves docking,

The fundamental docking strutegy for the remote, manned subsystem is to place the
remote operator in a supervisor's role rather than a controlier's role. This means
that he can operate at 2 much reduced task load, delegating much of the operation to
the spaceborne and ground computers. In essence, Tug provides task continuify and
the bagic docking operation, whereas the supervisor operates as a feedback sensor
(via positioning the reticle) removing accumulated biages, and accomplishes overall
op-sration evaluation/decision-making,

The supervisor operates on each frame (frames are received approximately on 16-
second centers) as illustrated in Figure 5~29. The reticle is envisioned as being
ground-computer driven based én information known to the upper stage at exposure
time, If the supervisor detects a discrepancy, he takes conirol of the reticle by
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pressing the mode SELECT switch, put-
ting it in LOCAL control. He then posi-
tions (joystick), sizes (rotary potentiom~
eter), and orients (large rotary control)
the reticle to the spacecraft docking port
(presuming this had shown a discrepancy).
With the CROSS SECTION switch on
PORT, a return to REMOTE control
activates the computer, which interprets
the measurements as PORT measurements
and computes upper-stage pitch and yaw
(from reticle location), relative roll (from
orientation), and range (from size).

If the discrepancy noted is with the target
T (shown within the port), the crosshair :
need only be positioned on the T (joystick) E
to enable a computation of spacecraft —
relative pitch (about the horizontal) and
yaw (about the vertical). To indicate
TARGET measurements, the design con-
cept requires the supervisor to hold the
spring loaded CROSS SECTION swtich in
Figure 5-29. Remote, Manned Docking this position while returning to REMOTE
Procedure control.

" il bl iR

5.4.3 SIMULATGOR OVERVIEW. The geosynchronous mission was the obvious choice
for the initial manned, remote rendezvous and docking studies. It is estimated that
well over half of the retrieval and on-orbit service missions will be at this altitude.
The satellite is rarely eclipsed and so should be in view longer. Because of its dis~
tance from the satellite, the earth need not be simulated separately but could be added
to the star field (if desired). Path curvature is moderate at the near rendezvous dis-
tances subordinating the Coriolis effects. The geosynchronous retrieval mission also
brings with it a wealth of data from previous studies documented in the open literature.

el SR S Lttt | b St S

Display generation for the rendezvous and docking studies were accomplished using
Convair's Visual Display Simulator illustrated in Figure 5-30. The display is gen-
erated using standard commercial video t¢ hniques, employing a fine-line (945 lines
vertical) screen in contrast to commercial TV (545 lines vertical). The simulated
ground station display is a composite of separate displays representing: 1) the far
background (stars and moon), 2) optional near background (earth with clouds), 3) fore-
ground (target satellite), and 4) near foreground (the range reticle). The selected
target satellite model employed was an existing fifth-scale Global Positioning System
(GPS) three-axis-stabilized model, which has spiral antennas and gimbaled solar arrays
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that present typical obstacles to be avoided during docking. A range reticle is super-
imposed on the video output of the TV sensor by the simulated ground station computer.
The range reticle is independently maneuverable by the remote supervisor.

At geosynchronous altitudes, the earth does not dominate the scene and can be appro~
priately affixed by means of a decal to the star background as is done with the moon,
To compromise between a model sufficiently detailed for docking studies (about 1/5~
scale) and fixed-length tracks, a scan converier is employed to "reverse—-zoom' the
model image 1o nearly a single dot. Operationally, the vidicon must be protected
from direct rays from the sun and its corona; this is accomplished by an iris posi-
tioned at an intermediate image plane within the simulated TV sensor (o protect the
camera~on~track vidicon) and an electronic iris downstream of the composite image
(to ocelude the background).

A video disc recorder is employed in the same manner as envisioned during actual
operation from the ground station, whereby at any time the remote supervisor can
recall preceding images at random for defailed re-examination, or a block of images
seriglly for time compression. The video track position digital display is keyed onto
the composite from a light-emitting diode (LED) display on the video disc controller
before being stored on the dise. The availability of the last picture is delayed (fixed
and random) before being placed on the moving track, simulating tranFmission delay.

The range reticle and/or target symbol ig generated by a laboratory cathode ray tube
(CRT) scope. Due to a size limitation of the digital computer (which has since been
replaced with a larger, faster computer), the capahility to provide measurements

on the target "T" could not be provided. Instead, the supervisor utilized his ORBIT
control to achieve a visually satisfactory aligriment with the docking port before clos~
ing to contact (dock). ‘
5.4,4 SIMULATOR SOFTWARE. The rendezvous and docking kinematics and control
simulation is implemented by a digital program composed of rigid-body dynamics, sim~
ulated navigation (via a reference ephemeris supplied a8 an initial condition), target
acquisition scanning logic, line-of-sight terminal rendezvous algorithms, and an op-
tional avtomatic docking subsystem algorithm supporting an autonomous docking study.
Propeliay.i sloshing dynamics had been planned for incorporation but the sloshing models
(being developed under contract to NASA MSFC) were not available in time to support
incorporation,

For remcte, manned rendezvous and docking, the digital simulation has been augmented
to handle the simulators' display drive and control signals. Interfaces with the remote
controls and displays has been similarly treated. The objective was to develop a single
simulation that will handle either autonomous or remote, manned terminal rendezvous
and docking. A detasiled computer simulation of terminal rendezvous from several
nautical miles to contact provides the capability to accomplish terminal rendezvous
aud/or docking either manually, automatically, or automatically with manual override
{(hybrid subsystem).
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The simulator software effort began as an interface integration task and progressed
toward a complete digital simulation of terminal rendezvous and docking. The soff-
ware subsets consist of the target spacecraft (three degrees of freedom), Tug (six
degrees of freedom), the supervisor's console command/display interface, the guid~
ance and confrol algorithms, the orbital kinematics, the simulator {servo) drives,
the video disc recerder digital command/control interface, and the test conductor's
console command/display interface. Software development has concentrated on the
docking control algorithm.

The docking control law employed was a simple least-squares fit of the measurement
data when transformed to Tug coordinates (Figure 5-81)., The current simulation uses
up to the last 10 measurements (selectable by the test conductor) to compute the cur-
rent position errors (intercept Px) and velocity errors (slope V) in all three axes,
together with establishing the LOS and rotations about the LOS.

If too many stages (measurement vectors) are employed in the digital filter, the system
becomes highly susceptible to noise. Repeated success has been obtalned with four to
eight filter stages except at vexry large range, where too little target detail is available
(discernible) from the simulator on which to range. (The present simulator employs a
30 degree (0.52 radian) FOV fized lens rather than a zoom or turret lens to simulate
the envisioned operational system. Hence, it lacks the ranging performance necessary
to simulate terminal rendezvous.) Modification of this least-squares technique to 2
recursive filter is currently underway,

MEASUREMENT.
UPDATE \

POSITION
ERROR

L e

APS

ﬁ CONTROL
Ve = AP/At ] / SYSTEM

2 TRy | M | 1 Lo |

Sl e N

t7 tg t5 t4 tz tg  tq POSITION &
PICTURE EXPOSURE TIME VELOGITY
EFFECTED
TRAILING MEASUREMENT
POINT UPDATE :
PHOPPED ,
UPDATED [
POSITION ! HRIGINAL PAGFE I?
FRRon : QF POOR QUATITS
[ e Pl B
j2) a S — A
1§ - & .
1
P
{ / / I n | 1 ] 1 : € ggilTRDL

1 |
iz tg tg tg ta to t 19 14 V., =AP/AL ]
PICTURE EXPOSURE TIME

SYSTEM

[ e ——
TRATLING NOMINAL VELOGITY
DELAY 305EC
DROPPED UPDATE

EFFECTED
Figure 5-31. Docking Control Law (Five-Stage Least-Squares Fit Tlustrated)

545

2 I

. &g B

e A e Ve e e w a



The velocity and aftitude control systems initially employed were simple "hang-bang"
techniques with the intent to replace them with a more sophisticated technique employ-

ing dual thresholds. Replacement was precluded by a lack of space within the simulator

computer thus rendering the simulation data~on-impulse~expended essentially useless.
"This is currently being rectified by the incorporation of a Centaur-type detailed control
system model (Figure 5~32) on the new, larger simulation computer.
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Mgure 5-32, Centaur~Type Reaction Control System Schematic

The Auxiliary Propulsion System (APS) performance was modeled from vehicular data
for an initial rendezvous on a servicing sortie., Thrust accelerations were determined
from the geometry in Figure 5-33; each engine pair has a rated (altitude) thrust of 50
pounds (22.5 kg), The APS propellant (monopropellant hydrazine) is consumed at an
Is}_J of 160 seconds if pulsing or an IS of 230 seconds if continuous. A budget of 96.5
pounds (43. 4 kg) was used for terminal rendezvous and docking.
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Figure 5~33. APS Installation Geometry
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5.4.5 SIMULATOR HARDWARE. Figure 5-34 illustraftes the principal simulator
hardware. An existing Global Positioning System (GPS) thrze-axis stabilized space-
craft model (1/5-scale) was modified and mounted onto an available three-axis sting.
It was necessary to add a ring fluorescent within the docking port to ensure that its
dark interior keyed black onto the star (or earth) background so that the background
did not show through. Addition of fill lights prevented breakdown of keying for all
orientations of the model. To provide for simulating spin-stabilized spacecraft and
for unrestricted spacecraft roll motion (inner gimbal), a slipring assembly was
developed through which to pass the port light and gimbaled solar array motor power
leads.

A solar lamp assembly consisting of four photoflood lamps was constructed and mounted
on an existing pedestal-mounted servo motor. By gimballing normal to the camera~
target axis, sun cone angles from near zero (behind the lens) to 180 degrees (3. 14
radians) (into the lens) can be simulated. The proper sun clock angle (about the line

of sight) is obtained by rolling the model spacecraft about the line of sight and compen~
sating for this motion by counter-rolling the camera image within the camera-on-track
optics (Perchant prism).

The carriage camera pallet was detached from its Y-axis servo frame and suspended
on three jackscrews to simulate Z-axis (vertical) mmotion during docking {Figure 5-35).
Four roundways were incorporated into the design to achieve the required structural
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Figure 5-34. Rendezvous and Docking Simulator Hardware
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rigidity to prevent X and Y motion from
inducing an oscillation due to the high pallet
mass (camera, optics, docking lamps and
servo motors) and high offset center of
mass (at the top of its stroke). The pic-
tured installation proved entirely satis-
factory after addition of the third jack~
screw (only two were provided in the

initial design).

An additional rack of servo-amplifier
electronics (Figure 5-34) was developed
to drive the additional degrees of freedom
necessitated by the docking application.

The existing Video Disc Recorder (VDS)
local and remote controllers were modi~
fied for 945-~line remote, computer-
controlled operation (Figure 5-34)., A
light-emitting diode (LED) display was
enlarged and keyed onto the resulting

Vertical Drive composite image before it was written

onto the VDS, The range reticle (gen-

erated on a laboratory CRT via a dedicated special purpose computer built for this
purpose) was keyed onto the composite image received from the disc recorder when
displayed at the remote supervisor's console.

Figure 5-36 illu: trates the remote supervisor's console developed for this investiga-
tion. The display elements nre the TV monitor, an inclined panel containing caution,
warning, and status lights, and a digital readout display of selected flight parameters.
The controller elements are separated into four horizontal panels (from right to left):
SCANNING CONTROLS for manual, remote control of the Video Disc Recorder; FLIGHT
MODE controls for commanding the rendezvous/docking vehicle; RETICLE CONTROLS
for manually controlling the range reticle; and SPACECRAFT CONTROLS for command-
ing the spacecraft (via a ground RF link) if it is designated "active-cooperative, "

5.4,6 SIMULATION MINISTUDIES., Two ministudies were conducted on company funds
using the supervisor's console in a partially completed condition. In the Spacecraft
Acquisition ministudy (Figure 5-37) operator performance was investigated while search-
ing for the spacecraft, which appeared as a faint star among hundreds of stars of the
Milky Way. The video disc recorder contained a sequence of frames on which the space-
craft became progressively grighter until it finally dominated the scene. There were
typically six such scenarios loaded onto the video disc.
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Figure 5-36. Remote Supervisor's Console, Convair's Simulation Study

By means of the console SCANNING CON=-
TROLS, the operator searched for the
spacecraft by scanning the frames looking
for a streaking target (top to bottom of the
screen). Although noise hursts produced
false indications, these were easily dis-
counted with additional frames. The
spacecraft was typically acquired and
confirmed within six to eight frames
(ahout two degrees of visual angle) at

an operator-selected (optimum) scan

rate of three frames per second. The
need for adjustment of brightness and
contrast resulted in adding these con-
trols to the console inclined panel.

The second ministudy, Spacecraft Track-
ing and Ranging (Figure 5-38), sought to
identify mean operator performance and
performance dispersions, principally in

SCANNING

CONTROLS R task time. The scenario loaded onto the
Figure 5-37. Spacecraft Acquisition disc consisted of the spacecraft at various
Ministudy orientations and at progressively closer
5=-49
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ranges up to the docking position. The
test conductor supplied each frame of the
sequence and timed the operator, who
positioned, sized, and oriented the reti-
cle on the central body and, subsequently,
the docking port. A joystick supplied the
horizontal and vertical positioning, a
throttle controlled the sizing, and a knob
the heads-up orientation. Prior to each
frame, these controls were randomly dis-
turbed and the reticle moved off the screen
to the lower left by the test conductor.

e Results indicated that the reticle task took
; ‘ an average of 11 seconds, although a sub-
stantial improvement was observed with
additional practice. The shorter times
correlated with decreased accuracy, and
the longer times were observed to be
atiributed to a sticking joystick. Although
orientation was quickly and accurately
accomplished, placement accuracy was
invalidated by the sticking joystick, and
sizing accuracy was invalidated by vary-
Figure 5-38. Spacecraft Tracking and ing operator interpretations of task
Ranging Ministudy directions.

~ RETICLE CONTROLS

This study was subsequently repeated with reworked controls and reticle, and with
additional spacecraft docking target markings. Results confirmed that performance
substantially improved with the reworked reticle and controls. Subject placement
performance averaged 0. 2 degree (0.087 radian) visual angle (measured at his eye).
With sufficient practice, the basic placement, and orientation task could repeatedly
be accomplished in less than 5 seconds.

5.4.7 DOCKING FEASIBILITY DEMONSTRATION. Repeated simulations of remote,
manned docking were conducted on the simulator during simulation development.
Difficulties encountered were subjected to analysis and often resulted in alternation of
the simulator hardware, software, or operating procedures. As the simulator neared
checkout, successful docking operations became commonplace. Figure 5-39 illustrates
typical computer output.

Only representative results have been obtained to date but these clearly establish the
feasibility of remote, manned docking utilizing a low light level television (LLLTV)
camera (Table 5-4). Initial displacements simulated ranged from 190 to 1500 feet
(58 to 460 meters); some approach orientations required orbiting the spacecraft
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Table 5~4. Representative Simulation Results

RUN NUMBER
PARAMETER UNITS | ROMT| 1 213 4 5

INITIAL BISPLACEMENT FT 199 | 1¢p {1000 | 190 | 1500
TIME T0 CONTACT MIN 1.2 [1L5 {20 160 |33
POSITION ERROR (RAD1AL FT 1.0* | 0,43 [0.08 |0.06 (0.46 | O.47
VELOCITY ERROR (RADIAL} FPS 0.3 | 0.154 [0,002| 0,002 | 0,001 | 0,001
ANGULAR ERROR IRABIAL DEG 5.00 | 2.03 [2.45 (135 {39 | 7.75
ANGULAR RATE ERROR DEGISEC} 6.5* | 0,863 {0,001/ 0,006 | 0,003 | C.004
ROLL INDEX ERROR 0t6 INCLUQED {4 ANGULAR ERROR
NUMBER OF FILTER STATES 8 518 5 6
REQUERED ORBITAL ARC DEG 0 0 0 o0 20
AP'S PROPELLANT CONSUMPTION) £P5 10~ | GVERSIMPLIFIED (BANG-BANG) CONTROL

SYSTEM INVALIDATES DATA

*OBTAINED FROM ARTICLE 3,2,1,1.1.4.2 OF MSFC 68M00030-1, BASELINE SPACE TUG SYSTEM
REQUIREMENTS & GUIDELINES, 7115174

**QBTAINED FROM EIGURES 2,1-7 and ~10.OF MSFC 68 00039-2, BASELINE SPACE TUG
CONFIGURATION DEFINITION, 711574
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alihough angles up to 30 degrees (0,52 radian) before alignment with the docking port
was achieved. The time fo contact reflected the initial displacement, the requirement
to orbit, and whether any stationkeeping was employed.

Two problems have been uncovered with this simuiation. The first concerns the angu-
lar error at docking. The TARGET measurement capability, although envisioned for
an operational sysiem, had not - 3t been added to the simulation due to a limited avail-
ahility of computer space and since it was found that this capability could be emulated
via the console's ORBIT control. However, this expedient caused additional delays,
higher APS propellant consumption and occasional failures to "'dock." This capability
is currently being added now that a larger simulation computer has become availabls,
The TARGET measurement capability will enghle direct measurements on the docking
PN a8 soon as gross alignment on the docking port has been established.

The second problem relates to the maximum practical range for LLLTV in a ranging
mode, Since the simulator employs a camera with a fixed, 30-degree (0.52 radians)
FQV, it was found that 1500 feet (500 meters) was a practical imit on ranging owing
both to POV restrictions and simulator error sources, This result is in agreement
with the ranging performance derived for LLLTYV in Section 5. 2. 4,

5.4,8 CONCLUSION, The use of LLLTV in a remote, manned configuration for ren-
dezvous and docking with a solar illuminated spacecrait has been demonstrated (via
simulation) as being feasible. Due to the limitation imposed by a fixed, 30-degree
(0.52 radian) FOV in Convair's Docking Simulator, the initial portion of the extended
docking phase, viz., that portion of terminal rendezvous 1mmedlate1y following the
insertion burn — could not be simulated.

Two approaches to long range tracking of a solar illuminated spacecraft were investi-
gated. The use of a video disc recorder to acquire a streaking target (such as would
be the case during a phasing orbit approach) was simulated in an environment close to
the anticipated operational environment, The target was quickly and accurately ac~
guired and confirmed despite the presence of television image noise,

The use of a star catalog to position registration marks at known star and assumed
target locations was investigated but not simulated. The remote, manned application
of this technique would utilize the console supervisor to shift the star registration
pattern to achieve precise registration with the brighter stars, and then to reposition
the assumed target location to agree with the observed target location (if indeed it is
observable on that particular frame). Based on simulation of the scanning technique,
the registration technique would pose no problems.

Remote, manned docking was conducted in an environment identical to that envisioned
for the operational system except for the application of stress on the console super-
vigsor, Even though the observation measurement on the target "T" (located within

the docking port) was not available to the console supervisor during simulation studies,
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approach, station keeping, orbiting (of the target), inspection, docking port locatica,
controlled closure, and docking were 2ll routinely accomplished from several hundred
feet (circa 100 meters) from the spacecraft. Although simulator restrictions (fixed
FOV) preciuded simulating postinsertion velocity capture and range lock, docking from
ranges up to 1500 feet (500 meters) was successfully accomplished,

5.5 AUTONOMOUS SUBSYSTEM ANALYSIS AND SUBSYSTEM SELECTION TRADE

The performance of the autonomous subsystem (employing the GaAs SLR sensor) was
investigated through similarity to the remote mammed (LLLTV) subsysiem operation.
Both subsystems must provide equivalent data to Tug. The prinecipal differences lie
in the speed and precision available from the GaAs SLR, which will result in much
improved rendezvous and early docking performance, and in the degree of confidence
to be assessed to their respective docking performance,

The approach to selecting an operational Rendezvous and Docking subsystem was to
develop a low weight, low cost, low risk alternative to a fully autonomous scanning
ladar subsystem. This trade gave rise to the hybrid subsystem illustrated in Figure
5-40 and whose functions are allocuted in Table 5-5. A fully autonomous subsystem,
based on the SLR sensor, could thqu evolve either during DDT&E (if sufficient time/
budget is available) or subsequently during initial operation. The principal drivers of
this evolutionary approach are time, cost, and risk. During the transition period,
functions currently allocated to slow-scan LLLTYV (those designated primary in Table
5-5 except for inspection) would j;radually revert to the SLR subsystem.

Table 5-5, Primary/Backup Allocation

: Scanning Slow-5Scan
tem | Ladar LLLTV

Acquigition Confirmation Primary Backup
Tracking ' Primary Backup
Ranging :

Preinjeciidn : Primary it

Post Injection : Primary Backup
Inspection — Primazy/Backup
Alignment to Axes | _— Primary/Backup
Closure & Docking

Initial Operational Capability (ICC) Backup Primary

Tully Operational Primary Baclup

L ST AR . S i e G 47 T

*Autonomous Navigation Subsysiem is backup
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Figure 5-40. Baseline Rendezvous and Docking Subsystem
5~-54




J
i
k

T

e A et 4

Operationally, LLLTV is envisioned to be fully utilized in a monitoring role {except
during visual inspection and gross alignment with the docking axes) with functional
backup capability, Gross subsystem failures will he detected by the DMS computer,
which wiil suspend current operations and call for the remote~manned backup subsys-
tem, Performance assessment will be accomplished by LLLTYV in a monitoring role;
performance degradation or subtle failures will be resolved by selected human inter-
action (e.g., request to Tug's DMS computer to re-initiate retroreflector acquisition)
or a human decision to resort to the manned backup subsystem. This approach mini-
mizes operational risks.

The remaining technical concerns with the SLR baseline subsystem hardware a~e its
performance during the port search and docking phases, he development status of the
improved GaAs wafer laser (for reliabilily and maintainability improvement), and ihe
qualification of the piezoelectric beam steerer. Prineipally, insufficient testing has
been performed to establish that the SLR will be able to discern skin reflections from
retroreflectors, particularly while empioying AGC. A related issue is its ability to
track a spin-stabilized spacecraft (to 100 rpm) unless it employs a counterrotating
retrorefiector array. During terminal docking, the peripheral retroreflectors will
begin to fall outside the active FOV necessitating open-loop controi (for some axes)
ovar the last 80 feet (9. 14 meters).

There are no technieal concerns with LLLTV hariware; however, manned~remote
operation — although demonstrated — remains to be fully assessed.

The remainder of this section summarizes the operational rationale for a hybrid
subsystem.

5.5.1 SPACECRATT ACQUISITION CONFIRMATION, Figure 5-19 illustrated the
degradation of onboard krowledge of the line of sight (LOS) as a function of target
range. The autonomous navigation subsystem's knowledge degrades inversely with
range due to the uncertainty in both Tug and spacecraft (8C) positions, At long ranges,
ne sensor can compete with this knowledge. This means that the SC is, in effect, ac-

quired throughout the mission with an accuracy that is inversely proportional to target
range,

Acquigition confirmation of a passive target has been limited to sun illuminated target
conditions. The GaAs SLR in a passive mode, that is, using the image disector and
the sun illuminated target, will serve as the primary acquisition sensor since its op-
eration is fully autonomous and easily verified, (Using the GaAs SLR in the passive
acquisition mode will necessitate the removal of the 0. 94 m bandpass filter from the
receiver optics of the Gen-3 (generation 3) prototype.) The information required is
simply line-of-sight (LGE) angles to the target and can optionally be supplied by the
LLLTV camera in the event of a failure., LOS will be obtained by scamning the com-~
piete detection pattern into the compufer (via "stars" of visual magnitude up to the
capability of the sensor), After "viewing" a number of frames, the computer will
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make an actual target determination. The GaAs SLR laser and beam steerer will be
inaetive during this phase.

Having made an actual target decision, the angular coordinates of this target will be
sent by the computer to the SLR to initiate the track mode. TFrame time during the
acquisition phase is 140 seconds.

5.5.2 SPACECRAFT TRACKING. Below 2500 n,mi, (4650 km), again see Figure
5-19, either of the subsystem sensors can provide LOS measurements fo an aceuracy
better than that of onboard knowledge. These measurements, when added to the navi-
gation subsysiem's Kalman filter, provide a further refinement in knowledge of the
relative state between the Tug and SC as well as one order of magnitude improvement
in the kmowledge of LOS prior to the injection ourn (direct ascent to geosynchronous
altitude). This can minimize both the time and impulse necessary to rendezvous and
dock with a SC in a significantly different orbit.

Tracking the SC at these long ranges requires that the SC be solar illuminated, with

a cone angle of less than circa 20 degrees (0. 35 radian} about the LOS, This represents
an added mission constraint that must be traded against the improved insertion accuracy
available from long-range tracking. Thus this technique may be selectively employed
utilizing either sensor. If not employed, however, the targeting point must be addi-
tionally offset to limit the LOS uncertainty cone as well as to provide time to reacquire
the spacecrait by a systematic searching of the postinjection uncertainty cone, With
either sensor, SC acquisition is repeatedly confirmed by eomparing the sighting with
those of baekground stars of visual magnitude equal to or greater than the minimum
calculated for the SC at that range. I is this registration that insures the 0. 06 degree
(0. 001 radian) tracking accuracy for these sensors (Figure 5-19). The required star
catalog is quite manageable, i.e., about 70 words (representing a 3-degree (0. 052
radian) FOV),

SLR is again designated the primary sensor for this mission phase due to its autonomy;
in the event of its failure, LLLTYV provides a performance~equivalent backup.

5.5.3 SPACECRAIT RANGING, PREINJECTION. The range at which preinjection
ranging information must become available (if it is to be utilized) varies with the ren~
dezvous technique and the required main engine burn duration. A frequent application
might be a direct ascent rendezvous with the spacecraft at geosynchronous altitude,
such as would be the case for a servicing sortie. This would require approximately

a four-minute insertion burn, with a reorientation prior to burn some 250 n, mi, (465
kkm) from the target. {(Lower SC orbits and re-insertion from phasing orbits would
require reorientation at considerably shorter ranges.)

Additional studies are required to finalize this trade; however, it ig clear that the
navigation subsystem accuracy is sufficient to ensure insertion in close proximity
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to the SC — thus obviating all requirements for rendezvous sensors (in distinct con-
trast to extended docking sensors, see Section 5, 5,4), as was illusirated in Figure
5~22, This means that long-range tracking and (particularly) preinjection ranging
should be justified on the improvements gained beyond that available from the naviga-
tion subsysiem.

Note that LLLTYV has no preinjection ranging capability (see also below). Thus, in
event of a failure of the primary sensor (possible extended-range SLR) in this phase,
the GN&C subsystem will effect rendezvous from onboard knowledge,

5.5.4 SPACECRATFT RANGING, POSTINJECTION., The range at which post-injection
ranging information must become available is only a function of the navigation, guidance,
and control capability of Tug. Although time and impulse performance to close and
dock would suffer, the GN&C subsystem can easily place Tug within 3 n,mi. (5.5%km)
of the target SC — thus placing an upper lmit on the maximum range for postinjection
ranging. However, there is no way to cloge and dock with the spacecraft without de~
riving target~relative range and LOS data. That is, the autonomous navigation subsys
tem capability is sufficient for rendezvous, but postinjection ranging is required for
docking (Figure 5-23).

On postinjection reacquisifion, SLR easily provides range and LOS measurements o
an accuracy more than sufficient for this purpose. LLLTYV (in a functional backup
mode) cannot easily provide range (bsing only a detector) but provides LOS to an ac~
curacy commensurate with SLR providing it remaing on the sunlit side of the 8C (a
targeting consideration). To range with LLLTYV, the target's cross section must first
be measured (linear or area measure} and then compared with a cross~section refer-
ence. Since most spacecraft projections vary with orientation, an assessment must
be made as to which SC feature is fo be measured and how the measurement reference
is to be selected, This judgemental process is more appropriately accomplished with
man-in-the~loop methods since only man can provide the discretionary judgement in
situ, (Patiern recognition schemes reguire an a priori determination of each decision
variable and each allowable combination of these, even though that combination might
be adaptive,)

Due to its superior performance and autonomous operation, GaAs SLR will serve as
the primary sensor during the postinjection ranging phase, supplying LOS and range.
Using the angular coordinates generated during the track phase, a narrow field of
view active track (laser operating) will be used by the SLR. Thus, the range of the
SLR will be greatly extended by the field of view restriction (an important considera~
tion during orbital phasing operations), If the SLR fails to obtain range-lock in active
track around the directed angle, the system will return to the passive tracking phase
and await a later attempt at ranging.

Active tracking range should be obtained by 85 n.mi. (160 km), and the SLR will re~
main in the ranging mode unless 2 computer-generated command causes it to passively
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track with a new set of direction coordinates, This czpabilify allows the computer to
make a false target decision afier passive or aclive track has been obtained and break
range~ or track-lock on the false target. Frame time during this phase is to be 14
seconds.

5.5.5 SPACECRAFT INSPECTION. Visual inspection of the SC was a requirement
originally met by a continuous TV allocated to the communication subsystem. This
capability can more than ddequately be met by the slow~scan LLLTV and the visual
inspector seated at the remotely situated docking console. Further, predocking in-
spection is a necessary functional prelude to docking. This being the ¢ase, SC inspec—
tion was transferred to the Rendezvous & Docking subsystem. The strobe lamps are
sufficient to obviate the requirement for solar Illumination during the inspection, align-
ment, and final docking mission phases.

Inspection could also he accomplished uiilizing the SLR if the intensity of the return
signal were outpui throughout a full (acquisition) scan. Since this is inherent in a TV
scan and would unavoidably complicate the SLR design, it was decided to provide a
redundant LLLTV in the event of failure of the primary unit. The redundant unit can
utilize a fixed, 30-degree (0.52 radian) FOV with "pan," "ilt," and "zoom" accomplished
electronically, either on the original image (via a scan converter at the ground station) or
within the image section of spaceborne LLLTV cameras. The weight penalty for this
redundant unit is eight pounds (3.6 kg).

It should be noted that the optional encryption device (communication subsystem) can
easits ensure security of the transmitted Iimage since it is serially slow-scanned and
digites., encoded prior to transmission.

5.5.6 ALIGNMENT TO SPACECRAFT DOCIKING AXES. Simulation studies have
shown that alignment to the docking port axes is easily accomplished with LLLTV and
is a natural adjunct to the inspection function. Conversely, alignment via SLRina
totally autonomous fashion is a complex task involving pattern recognition of a prede-
termined placement of retroreflectors on the SC. Subsystem simplicity results in
designating LLLTV as both primary and backup (redundant unit) sensors for the align-
ment as well as the inspection functions.

The port search/alignment phase is to consist of Tug slowly orbiting the target vehicle
at a radius of approximately 75 feet (25 meters)., Location of the docking port utiliz-
ing the TV camera (used for inspection) would terminate this phase. The SLR is to

be used to provide range and LOS angles to the terget vehicle. This information will
be used to maintain the desired orbit characteristics,

In this mode the SLR will be in the active track mode and should continue o track a
singie target; however, it is likely that the target will be lost during this phase. From
a distance of 75 feet (25 meters) a retroreflector will not necessarily remain in the
field of view when Tug is not aligned with the docking port, Essentially this phase is
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a continuation of the track phase as far as the SLR is concerned, as the frame time
and field of view are constant. If a retroreflector drops out of the field of view or the
intensity drops substantially (off reiroreflector axis performance), the SLR will revert
to the acquisifion mode supplying range, LOS angles, and target intensity for each
target in the field of view at the reduced intensity. This will require additional gain in
the discrimination logic. The computer will discriminate another retroreflector in the
field of view and command track mode (supplying the LOS), thus once again establish~
ing active track. This operation may be repeated many times before the docking port
is located (via TV).

5.5.7 CLOSURE AND DOCKING. The primary subsystem selected for final docking
is LLLTV, Performance assessment will be conducted on SLR during docking to vali~
date its capabilities. I is intended that SLR subsequenfly become the primary sensor
and that docking be accomplished autonomously, with LLLTYV in the assessment/backup
role, Buch an approach facilitates an orderly development of an autonomous subsystem
without incurring unmecessary risk, cost, or schedule Iimpacts.

Operationally, SLR would be the primary sensor and provide precise range and angu-
lar information for docking. Docking phase commences with a +5 degree (0. 087
radian) (coarse) alignment to the docking port and range equal to approximately 75
feet (25 meters).

Prior to initiation of the docking phase, the computer will have commanded an acquisi~
tion mode and discriminated the four retroreflectors within the field of view \as before)
while aligned to +5 degrees (+0. 087 radian) of the docking port. (This determination
could optionally be accomplished via TV.) The LOS angles are then supplied for each
of up to four retroreflectors on initiation of the docking mode with the SLR establish-
ing active track on all four, I the computer detects that the SLR has failed to estab-
Hish track or that it is tracking something other than a retroreflector, the docking
mode can be reinitiated with revised LOS angles, or the acquisition mode reinitiated

to redetect the retroreflectors., During the docking phase, the frame time for the SLR
is to be 1.4 seconds,

5,6 CONCLUBSIONS

Final recommendation of one Rendezvous and Docking Subsystem over another was
determined to be the proper subject of additional, more in-depth studies. Basic prob-
lems were identified and the initial feasibility established for several techniques, with
a significant laboratory simulation effort being accomplished in exploring the remote
manned subsystem operation, Limited time and manhours for this task within the pres-
et Avionics Study precluded full resolution of a final "best" system.

Tn addition o the simulation/demonstration of the remote manned rendezvous and dock-
ing, these trades have examined the GN&C autonomous capability and the application of
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candidate sensors to the basic functional reguivements. TFigure 5-41 shows the evalua~
tion resulis for the various sensors as applied to the funetional requirements. The
large check marks show where the conditional requirements are met by the candidates.

From the evaluation of the sensors, the following were determined:
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Autonomous navigation capability is essential for the acquisition phase, and will
be utilized throughout the rendezvous phase. Additional input io the navigation
filter (Kalman) by the tracking sensor allows insertion in closer proximify to the
spacecraft. Both a seanning Ladar and LLLTYV ean provide this capability,

None of the candidate sensors can reliably furnish preinjection range for the
direct ascent rendezvous due to the required range, about 300 n.mi. (555 km).
However, insertion to within 3 n.mi, (5,6 km) can be accomplished with autono-
mous navigation alone, and to within 1 n.mi, (1.9 km) employing the tracking
sensor. Range would only then be required post injection. Either of the Ladars
or the tricolor docking Ladar can provide this capability.

Tor the docking process, the scanning Ladars can furnish the inherent capability
for autonomous docking, LLLTV must be a part of the Rendezvous and Docking
subsystem since it is the only candidate for inspection, and the only reasonable
candidate for port search and alighment. With LLLTYV alone, docking can be done
through a remotely situated supervisor, as has been demonstrated, The TV
alone is, of necessity, rather slow, and the performance can be greatly improved
by coupling with either the non-scanning Ladar or the tricolor docking Ladar,

*NEQUIRES SOLAR ILLUMINATION OF SPACECRAFT
+*AEQUIRED REYROREFLECTGRS ON SPACECRAFT
}/MEETS CONDITIONAL REQUIREMENTS

Figure 5~41. Rendezvous and Docking Summary Study
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SECTION 6
DATA MANAGEMENT SUBSYSTEM

6.1 COMPUTER REQUIREMENTS ANALYSIS

Computer reguirements are established through the analysis of vehicle functions and
mission timelines. These redquirements are converted to computer characteristics

that define the configuration, size, and processing capability, The general charac-
teristics of immediate concern are things guch as:

System concept or organization Input-output configuration and speed
Word length Safety, reliability

Memory size and speed Weight, size

Processing speed Ingtruction repertoire

Logic technology Utility software

Table 6-1 summarizes the identified requirements that have a direct influence on com-
puter characteristics.

6.1,1 SOFTWARE. The 82 bit data word requirement is established by the precision
needed in guidance and navigation computations. A 16 bit data word would make double
precision caleulations necessary with associated increases in execution times.

Software estimates for the migsion functions represent the minimum memory size the
compuiter should be expected to have. Experience has shown that as systems develop,
new functions are identified and operational improvements are requested and the size
of the software grows. If there is no growth capability, the cost of the software is
drastically affected as more and more effort is expended in packing data and reducing
computer program size, A minimum of 40% growth allowance for initial estimates is
considered adeguate, This criterion indicates that a 48K memory is desirable for
Tug.

A processing speed greater than 400, 000 operations per second can result when the
processing associated with a dodeeahedron IMU is included with normal system func-
tions. This would require an extremely fast computer, which is generally not avail-
able with margin for processing speed growth,




!

Table 6-1, DMS Computer Requirements

tem Requirement Driver
Data Word 32 bits GN&C calculations
Memory Addressing
Processing Speed Up to 48K words Software estimate 30, 469 words
Instruetion Set
Desired Features: > 400 Kops Vehicle & IMU processing

IBM 360 compatible Computer lab simulations

Floating point hardware Reduction in coding effort and
scaling errors

Microprogram control Bpecial functions, high spead

Direct memory access Data bus, IOP and orbiter
Data interface

High order language Reduced coding effort and
easier revision

Compatibility of the computer instruction set with that of a powerful ground based
computer is needed for system simulations before flight hardware is available.

Microprogram control and floating point hardware provide high speed execution of
special functions and reduce the effort for coding of application programs. Higher
order languages use these functions to improve the accuracy of the programmer's
work and reduce the verification time for functions otherwise created in software.

Direct memory accesas reduces the burden on the CPU for control of storage for sys-
tem data and data transfers to the data bus. This data is needed in the central com-

puter memory to accomplish the vehicle functions, but much of it is being generated,
or used continuously, in the other subsysiems without relation to the functions being

performed by the central computer.

A high order language will reduce the coding effort required, The alternative is the
use of an assembly language. A high order language can furnish greater visibility
into program structure and the inteaded logic. Coding changes and validation correc-
tions are quicker and easier. Codisg in a compiler language has proved to be possi-
ble at nearly twice the rate of coding in assembly language and the coding errors are
reduced 10 to 70% for different sized programs.
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6. 1.2 PROCESSING SPEED. The requirement for processing speed in excess of

400 thousand equivalent operations per second during engine burns forces considera-
tion of dedicating a separate processing unit for the IMU calculations which represents
a constant computing load of approximately 200 Kops, Two configurations for imple-
menting this dedicated processor have been considered ip this study. The effects on
weight and power are shown in Table 6-2,

Table 6-2. Configurations to Raise Processing Speed Capability
to Level of Requirement

Requirement Capability Alternate Configurations
Processing Speed Hardwave Weight | Power, | Dev
Impact Ib (kg) | Watts | Cost
Vehicle 216 Kops | Simplex Add separate A 30 A 50 | Low
Management Computer redundant IMU | (13. 5)
300 400 Kops | processor
U 200 Kops (8K x 32)
Processing
Modular Add CPU to Ab L4 Low
416 Kops | Computer ICP module 2.3)
250 to 350
Kops per
Module
Conclusion
o A dual CPU modular computer will meet DMS processing speed requirements
with small increase in weight or power

The throughput capability of available simplex computers is from 300 to 400 Xops.
To meet the processing speed requirenient and provide growth capabilify. separate
dual redundant computers dedicated to IMU processing can be added. An 8K memory
is sufficient for this task. Dual redundant MU processors would add 30 pounds

(13. 5 kilograms) and 50 watts to the system requirements.

6.1.3 ARCHITECTURE. Modular computers are made with the same basie logic

technologies as simplex computers so that processing speed is not improved enough
to overcome the processing spead limitation, However, the architecture permits

independent modules, such as a CPU, to be added where necessary. The input/
output processor {IOP) has direct access to the main memory so that a CPU added

6-3




to the IOP could feed the processed navigztion data into the main memory for use by
the vehicle management software. This extra CPU module would add 5 pounds (2.3
kilograms) and 4 watts to the system requirements. The preferred configuration is
the dual modular computer with a change in the IOP to add a dual processor dedicated
to the task of processing IMU data.

6.1.4 SAFETY/RELIABILITY REDUNDANCY. Safety, reliability, and missior
functions are additional factors that have a major impact on the computer configuracion.
Mission timeliness and the functional analysis of the mission establish the functions to
be performed. The safety analysis establishes the safety limitations that impact hard-
ware characteristics. The reliability goal is derived from an apportionment of failure
rates to components in a manner that will achieve the 97% probability of mission
success for the total vehicle.

The analyses for reliakility and safety indicated a redundant data management subsys-
tem is required. This means at least one backup unit is required for each element in
the data management subsystem. Derivation of the minimum redundancy requirements
is summarized in Figure 6-1. The safety analysis indicated a backup is required for
the IMU and the main elements of the data management subsystem to guarantee stability
during operations in the vicinity of the Orbiter. Flawless performance in this vicinity
is necessary to ensure the safety of personnel. The reliability analysis provided the
apportionment of unreliability of the total vehicle to each of its subsystems including
the avionics subsystem., The reliability goal assigned to avionics in this manner was
0.992, The unreliability was further apportioned and the reliability goal assigned to
the data management subsystem was 0. 9953,

SAFETY RELIABILITY
RELIABILITY
DUAL DMS & IMU TO ALLUCATION OF ﬁei%,qu?
ASSURE STABILITY 0.97 MISSION SUCCESS 1.00 / -
IN VICINITY OF 0.992-==FcONTROL "CPU~ —= FUEL
ORBITER ) INTERFACE IMU CELL
[ 1 l 0.95}UNIT TRANSLATOR
PROPULSION £ DATA
o STRUCTURES v L -
INTERFACE AVIONICS 0,901~ UNIT
0.992 RELIABILITY BUFFER/FORMATTER
0.85|- CONCLUSIONS
mujl® ALL AL
REDUNDANT
0.805~ "SINGLE STRING" |
DMS 700 750 800 850 900 950 1000
DUAL REDUNDANCY WRISHT (5]

REQUIREMENT

Figure 6-1, DMS Minimum Redundancy Requirements




P A redundancy analysis of the avionics subsystem was made with a model that begins
with a single string set of elements. For each configuration, the element is added that
i creates the greatest gain in reliability for the least addition to weight. This process

'] was repeated in this analysis until the avionics subsystem goal of 0. 992 was reached,

. This analysis showed that the avionics system goal of 0. 992 could be achieved with a

t dual redundant CPU, IOP, CIU, DIU, and buffer formatier in a system with a modular
} computer using a memery with error detection and correction, A similar anglysis

! using a simplex comuputer with the memory, CPU, and I/O packages to operate as a

’ unit also showed a dual redundant compuier would be needed to achieve the reliability
goal of the avionics system,

Even though it is known that a backup computer is required, this information does not
provide 2 guide to the choice of the computer configuration to meet the vequirement.

1:; The reliability of the various configurations available was analyzed to determine the
impact of redundancy configuration on the level of reliability. It was found that every
configuration with a spare computer can exceed the reliability goal assigned to the
data management subsystem,. so that reliability does not limit the choice of a particu-
lar configuration. Results are shown in Figure 6-2. The data management subsystem
goal for reliability is set at 0.9953, Dual redundant simplex computers with a cover-
age of 0.9 have a reliability of 0. 9964, Other redundant systems have even higher
reliabilities. There is a significant improvement in reliability with the dual modular

1.000
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redundant (DMR) configuration as compared to dual simplex eomputers and triple mod-
ular redundant (TMR) computers have a higher reliability than triple simplex
computers.

Even though calculations showed that every redundant configuration could meet the
computer reliability goal, there was a significant difference in the weight and power,
Figure 6-3 summarizes the results of a comparison of these characteristics. The
DMR computer is the lowest weight configuration. Its weight is 34 pounds (15.83 kilo-
grams) as compared fo 58 pounds (26, 1 kilograms) for a TMR computer. Both modu-
lar configurations have a tolerant memory that provides error detection and correction,

The resulis of this reliability and weight study of various redundant computer configu-
rations lead to a recommendation of & DMR computer architecture with a fault tolerant

memory as the preferred computer for the Tug Data Management Subsystem,

6.2 COMPUTER OPTIONS

]

The processing speed, memory capacity, word resolution, circuit technology, relia-
bility, weight, and size goals are primary criteria for the choice of computer, Other
characteristics are desirable features that can reinforce the selection rationale of a
particular machine or concept.
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Transistor fransistor logic (TTL) eircuit technology dominates the field of present
generation airborne computers. Medium and large scale integrated circuits have been
available for a aunmber of years, establishing a proven performance and reliability
history. TTL circuits offer high throughput speeds, good immur  to natural or

man made radiation, and interface commonality that has become standard throughout
the computer and digital equipment industry, However, drawbacks do exist with TTL
devices. TTL has high power requirements with system considerations for thermal
design and reliability degradation due to thermal stress., Noise margins are rela-
tively low, requiring careful circuit design to eliminate power supply transients and
capacitive coupling of fast rise time noise into adjacent circuits.

Newer computer developments have been based on metal oxide semiconductor (MOS)
integrated circeunits. The significant advantage of these circuits is the very high density
that can be attained on a single chip and the low power requirements of the MGS de-
vices, Disadvantages with the early MOS structures are relatively slow propagation
speeds and very high failure rates when exposed to long ferm radiation,

Future generation computer development will most probably utilize the emerging
complementary MOS (CMOS) technology. CMOS technology was introduced six years
ago and is now available from several semiconducter manufacturers, CMOS estab-
lishes an ideal set of operating characteristics for a spaceborne computer application.
Advantages are zero quiescent power, high noise immunity, wide power supply range
(regulation not critieal), and high input impedance.

Silicon-on-sapphire (S0S) devices have a lower parasitic capacitance that permits
three to five times speed improvement over corresponding bulk silicon devices. This
speed improvement makes them speed competitive with older bipular technelogies
without the large power penalty, In the SOS process, the subsirate is an insulator
that elimirates parasitic capacitances that decrease speed and increase power con-
sumption, as commonly related to reverse-biased junctions and drain-source junc-
fions in other MOS devices.

Figure 6-4 displays the spectrum of digital circuit technologies and maps the various
computer candidates with their respective technology. CMOS/S0S large scale inte~
grated circuits are recommended for Tug computer and other digital components since
significant reliability, weight, and power advantages are gained. Current trends sup-
port a technology growth that should result in fully developed devices with proven per-
formance history within the time frame of Tug development,

The MSFC baseline SUMC computer has redundant modules for its processor and
input/output elements. Th: main memory provides error detection and correction on
data and instruction transfers so that the whole computer is fault tolerant., The pro-
vision of error correction and backup hardware units enables the computer to meet
the apportioned relisbility goal associated with 97% probability of mission success,
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Figure 6-4. Computer Technology Spectrum

Other options exist in computer configurations with performance capability similar to
the baseline computer., Computer suppliers were consulted to identify existing or
developmental computers that can perform the Tug mission and are implemented with
circuit technology expected of the 1980 time frame. The final choice of a computer
may be strongly influenced by the cost of development, as well as production, but cost
is not a factor in identifying machines and developments that will be available, Infor-
mation was obtained on several machines, and the most promiging candidates were
examined in greater detail, Those listed in Table 6-3 should be considered as typical
candidaies for use on the Tug.

The Autonetics D232 ig an advanced computer now being evaluated for other applica-
tions with the expectation that it would be f-1ly qualified by 1978. Its use would repre~
sent a configuration with low hardware development cost.

The IBM AP 101 is a computer used on the Orbiter, with 2 unique Orbiter input/output,
and it was examined for possible use as common hardware. The present packaging is
air cooled, which represents an impact on cost, since redesign for cold-plate cooling
and requalification are required.

The SUMC haseline computer prototypes were examined and compared to the other
candidates. The modular architecture is particularly advantageous in overcoming
processing speed limitations and implementing modular redundancy for the most
welght effective approach to increased reliability. SUMC circuits are advanced
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technology CMOS/S0S large scale integrated circuits representing a low power, highly
reliable implementation with Iittle sacrifice in speed over present generation TTL
computers,
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Other modular computer options considered in this study were the IBM HTC and the
Honeywell MOD/LST 10, both representing advanced modular architecture, The HTC
computer is well ziong in the development cycle with prototype hardware delivered to
MSFC for a strapdown laser gyro experiment, A major disqualifier of the HTC for
consideration as the Tug central computer is its limited main memory addressing
capability, The Honeywell machine appears to have adequate performance specifica~
tions for the Tug mission; however, at this time, data on reliability and cost are not
available for evaluation against the other options.

Consideration of modular architecture, large 5/360 type instruction set, ample mem-
ory addressing capability, and high reliability through advanced CMOS/SOS circuitry
leads to a recommendation of the SUMC computer for Tug DMS. Some reservations
must be noted with this recommendation. The SUMC, at present, is being developed
under MSFC contract to RCA for prototype delivery of a simplex modular computer
equipped with a parity checked semiconductor memory by approximately mid-1976,

To meet Tug requirements for a redundant modular configuration and fanit tolerant
memory, additional on -going development must occur to modify the CPU and IOP
modules, data paths, and memory wits for redundant operation with automatic failure
sense and switeh to backup elements. The time frame for the requirement of a Tug
compuier with full redundancy implemented is satisfactory for an orderly development,
previded funds are available for additional module and cirveuit development work,
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Since funding for future development can not be adeguately assessed, alternative re-
dundant configurations have been studied with low development cost as a key param-
eter in the selection criteria., Results of this study are shown in Table 6-4,

This data was generated by examining dual computer level redundant configurations of
candidate machines listed in Table 6-3. Cost data shown represents total program
costs for 15 Tug vehicles including spares and test units., Included in this analysis is
the Autonetics DF224, a recenily developed modular redundant computer with auto~
matic reconfisuration control and 24 hit data and instruction paths, This machine
was studied in two configurations, modular redundant and computer level redundant.

Results of the computer level redundant study lead to selection of a dual central com~
puter with a dual dedicated processoy for IMU management as shown in Figure 6-5.
Dedicated IMU processing is recommended since the additional throughpuit approaches
execution speed capability of the fastest machines during high dynamic mission phases
such as main engine operation and rendezvous and docking.

Computer level redundancy implementation is a bulky solution to attain satisfactory
system reliability and safety. A weight of 158 pounds (71. 1 kilograms) for dual
central and dual IMU processors represents o -ubstantial penalty over the recom-
mended SUMC modular redundant configuration of 34 pounds (15. 3 kilograms).

Development cost for the dual simplex SUMC configuration is high since four com-
puters are involved in system testing and the external reconfiguration control unit
must be developed,

Table 6-4, Analysis of Redundant Low Development
Computer Configurations

CHARACTERISTICS PROGRAM COST
COMPUTER |CONFIGURATION CIRCUIT TECH DATA {51,000}
WORD | WEIGHT [POWER
REF | CPU MEM (BITS} | (LB/KG) [N} | DDT&E | PROD| OPS | TOTAL
SUMC | DUAL MODBULAR | RCA | CMOS/ | CcMOS/ | 8/16/32/64 | 34/15 60 6,962 | 4,531} 266 | 11,759
FAULT TOL MEM Hal Sos
SUMC | DUAL 48K RCA | CMOS/ | cmDs/ | 8/16/22/64 | 83/38 76 7529 | 5695 326 {13550
DUAL 8K s0s 508
DF224 | DUAL 48K al PMOS | PLATED 24 2201100 | 520 | 4,267 | 6,951 408 | 11,626
DUAL 8K WIRE
D232 DUAL 48K Rt PMOS | MNOS | 16/32 79/36 676 | 4,297 | 5898} 346 | 10,539,
DUAL 8K
AP101 | DUAL 48K IBM | TTL CORE | 16/32 125/56 535 | 4,500 { 6,937 | 300 | 11,355

SUMC - BEST CHOICE FOR TUG REQUIREMENT
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Figuve 6-5. Computer Level Redundancy Configuration

Switching to the backup computer is controlled by an external reconfiguration control-
ler monitoring memory parity, I/O wraparound tests, program timing, and software
executed self tests. TFault coverage of up to 90% is estimated for a reconfiguration
controller employing these techniques. Any detected malfunction causes antomatie
selection of the backup unit, The backup unit is synchronized and operating in paralle] .
with the primary during critical mission phases so that switchover is nearly instan-
taneous and is transparent to the overall avionics system,

Finally, a survey of industry was conducted to determine availability of a low develop-
ment modular redundant compuier configuration. Autonetics DF224 fulfills most of
the Tug computer requirements. It has a large instruction set, high reliability plated
wire memory, fast execution speed, and input/output suitable for data bus operation.
However, its 24 bit word length does not permit S/360 compatibility, and memory
addressing is limited to 64K words. These limitations are not so significant to pre-
clude consideration of the DF224 in a redundant modular configuration,

Two units house the dual redundant computer sysiem as shown in Figure 6-6. The
central ecomputer contains 48K of memory and the IMU processor contains 8K of
memory. A reconfiguration control unit, dedicated to each computer unit, monitors
computer health and activates an external interrupt discrete upon fault detection of its
associated computer, This module, in conjunction with the on-line backup computer,
provides a fault tolerant system with very fast reconfiguration.

Each computer chassis, containing one 8K sfring, one 48K string, and two recon~
figuration control units, has external dimensions of 18. 0 in, (45.7 cm) x 18.7 in.
(47.5 em) X 12.8 in. (32,5 cm) and weighs 110 pounds (49. 5 kilograms). This resulis
in a total system weight of approximately 220 pounds (99 kilograms) and recurring
cost of about $450, 000 per shipset. Recurring cost and weight can be substantially
reduced by substituting semiconductor memory for the present standard configuration
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Figure 6-6. Dual Redundant Configurations Based
on the DF224 Modular Computer

implemented with plated wire memory., However, this departs from the qualifiod
baseline and would raise development costs.

No low development computer level redundancy, or existing modular level redundancy
implementation was found that satisfactorily met Tug requirements, without imposing
large weight and power penalties and substantial recurring costs. If development of a
redundant modular compiter, such as SUMC, ecan not be funded, then dual simplex
computers with 48K x 32 bit memory rapacity, semiconductor memory technology,
S/360 instruction compatibility, and an external reconfiguration control unit would be
the recommended alternate configuration. Assuming selection of an existing com-
puter, development costs for minor changes and documentation should be less than

$5 million, and total program recurring costs should lie in the range of $10 million
per shipset.

6.3 SOFTWARE REQUIREMENTS ANALYSIS

Software requirements for the Tug DMS are highly sensitive to the level of autonomy
imposed on the DMS, In this analysig, Level II autonomy is assumed with the DMS
controlling guidance, navigation, flight control, sequencing, and redundancy
management of the various subsystem elements. Ground override or updaie capability

can be exercised through the Communications subsystem for any of these computerized
funetions.

In developing an estimate of the total sofiware package, the mission functional flow
diagrams were analyzed to determine a set of software modules satisfying all phases
of the Tug migsion from deployment, transfer to injection orbit, injection and/or ren-
dezvous and docking, and return to Orbiter for retrieval. Complexity of the module
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set identified was then evaluated against existing executive and applications programs
recently generated for the Titan Centaur launch vehicle flight program., Where
additional complexity was apparent, due to new or advanced mission capability, a
software delta was estimated for the Tug module. Figure 6-7 summarizes the results
of this effort to arrive at an estimate of the total amount of software (instructions and
data) required to implement the DMS3.

Software for navigation and guidance sustained substantial increases due to strapdown
guidance calculations, Kalman filtering, dodecahedron IMU management, and storage
of the S-band radar coordinate catalog for the Interferometiric Landmark Tracker
(ILT). TFour telemetry formats have been identified to meet Tug data requirements.
These formats are a low level status format representing minimal system status
information, high level status format containing more extensive status information

and intermediate resulis of ealculations, maintenance data format for vehicle
instrumentation, and a rendezvous and docking format containing encoded TV with
associated position data. Compared to the Centaur upper stage, these represent about
twice the present telemetry format software. The sequencing software module was
also much larger due to the requirements for multiburn missions, rendezvous and
docking, and multiple spacecraft sequencing. Rendezvous and docking software is an
entirely new software package. The 3500 words of instruction and data represents the
necessary filtering and control algorithms to accomplish a semiautonomous rendezvous
and docking mission phase. Finally, checkout, redundancy management, :nd the
attendant utility programs comprise a substantial software increment. These progran.s

MISSION IDENTIFY ESTIMATE 44— CENTAUR D-1 EXPERIENCE

FUNCTIONAL »1 PROGRAM P! INSTRUCTION=

FLow MODULES & DATA | f——— NASA/DOD SOFTWARE
ANALYSIS STUDIES

7

CENTAUR D-1 ESTIMATED A
FUNCTION ACTUALS FOR TUG TOTAL
EXECUTIVE 2,257 810 3,067
DATA POOL 1,630 1,150 2,680
NAVIGATION 471 3,900 4371
GUIDANCE 2,245 2,350 4,505
FLIGHT CONTROL 1,950 3gp 2,340
TELEMETRY 1,767 2,250 4,017
SEQUENCING 776 1,040 1,816
RENDEZVOUS & DOCKING - 3,500 3,500
TANK PRESS. CONTROL 724 70 794
PHASED ARRAY CONTROL - 220 220
CHECKOUT (STATUS) - 6,200 5,200
REDUNDANCY MANAGEMENT - 3,126 3,126
UTILITY MODULES - 3,800 3,900
TOTAL 40,625
INSTRUCTION MIX: 25,391
ASSUME: 75% 16 BIT
25% 32 BIT
HOL COMPILER OVERHEAD 5,078
ASSUME 20%
ESTIMATED MEMORY REQUIRED 30,469

Figure 6-7. Development of Software Estimate
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must evaluate system health, reconfigure if a faulty condition occurs, and maintain a
iog of redundant equipment status. All other software modules were similar o exist-
ing functions requiring very small increases in instruction code and data storage.

The baseline computer for DMS is a 32 bit/word machine operating with a S/360 in-
struction set, An important adrantage of this insiruction set is the capahility to oper-
ate with both long (32 bit) and short (16 hit) instructions. Previous experience indi-
cates that a typical mix ¢f instructions is roughly 75% short instruction and 25% long
instruction. Applying this instruction mix ratio to the previous instruction estimate J
leads to a memory requirement of 25, 391 words.

High order language (HOL) program generation has been shown to be effective for a
large share of the Tug software. The software compiier, which converts HOL pro-
gramming to machine language, performs less efficientily than optimum in assigning
memory to machine code. Various multipliers are used in the software industiry to
estimate the additional memory burden, usually ranging from 10 to 25% increase. A
conservative 20% overhead was assumed for the HOL inefficiency to arrive at a total
estimated memory storage reguirement of 30,469 words.

T T

Selection of memory size from initial software estimates depends upon several fac-
tors; confidence in the estimate, cost of memory, and expected growth in system
capability. The study approach of using existing software from a similar space
vehicle control computer as the basis for establishing estimate rationale lends a high
degree of confidence in the estimate of data and instruction required for the total Tug

S PP DL TR ST

SOFTWARE ESTIMATE SHOULD
3 BE IN 50 TO 75% RANGE OF
100} MEMORY SIZE TO MINIMIZE
CODING EFFORT
HARDWARE 2l e
PROGRAM SOFTWARE
COsTS
SOFTWARE EFFORT 1
| | e
1955 1870 1985 0 50 100
MEMORY UTILIZATION (%)
REF:
RAND REPORT
RM-6213PR
AN 70)
SOF WARE ESTIMATE 30, 469 WORDS
SELECTED MEMORY SIZE 49,152 WORDS
MEMORY UTILIZATION 62%

TFigure 6~8. Memory Size Selection
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mission. A recent report by the Rand Corporation shows the rising cost of sofiware
and declining hardware costs projected for the next 10 years (Figure 6-8) leads to
selection of a large capacity memory to reduce software development effort. Gen-
erally the memory utilization factor, based on initial sofiware estimates, should be
in the range of 50 to 75% of selected memory size depending on the confidence level of
the software estimate and expected system capability growth,

The recommended memory size of 49, 152 words results in a memory utilization factor

of 62% and should provide sufficient margin to minimize software coding effort.

An important factor in reducing software coding effort is a high order language (HOL)
for convenient interaction of programmer and machine. A HOL allows management
visibility into the software structure and its eapability without requiring an intimate
knowledge of machine architecture and instruction set. Several languages exist with
varying indices of performance and program coding effectiveness, hased on the ratio
of machine code generated by a set of HOL statements, Assembly or mnemonic
language with a coding effectiveness of one is the least efficient method of generating
program code. However, several advantages of assembly level programming make

it a vital part of a programmer language repertoire, Code generation at the assembly
language level allows experienced programmers flexibility in optimizing program code

either for execution time or minimum memory utilization. Usually these two opti-
mization criteria are in conflict, and this conflict repregents the foremost criticism
of HOL programming, especially when one considers the throughput and loop servie-
ing constraints for a central computer of the DMS,

This study attempted to evaluate several programming languages and relate the pro-
gramming effectiveness of each HOL against assembly language. A summary of re-
sults is shown in Figure 6-9. Present generation languages, such as Foriran,
Jovial, Goal, and SPL/J6 showed an improvement factor of two to four machine
instructions generated for each programmer statement, Higher order Algorithmic
Language (HAL) showed the best performance index, averaging six instructions per
program statement over a wide variety of benchmark programs, such as matrix
manipulation, soriing, typical navigation and guidance subroutines. HAL is under
development for application to the Shutile programming problem, and several com-
pilers are in existence at this time to generate machine code for host or target flight
computers. Estimates of memory size increase due to inefficiency in memory
agsignment of the HAL compiler range from 15 to 20%, which is typical of other
languages evaluated. Real time throughput and processing constraints are handled
by software time tagging of execution priorities and insertion of assembly language
subroutines for highly eritical processing.

The total software development cyele is typically made up of three major phases of
effort, analysis and design — 35%, coding and documentation — 20%, validation and
test — 45%. A high order language, such as HAL, could substantially reduce the

time and effort required in the analysis, design, coding, =n:d documentation phases
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Figure 6-9, Language Recommendation

with very little impact on the validation and test phases. Evaluation of the programs
and subroutines required for Tug software indicates roughly 63% of the total software
is amenable to HOL programming, mathematical calculations, simple sorting, com-
paring, and control sequencing., Reduction in the total software development time and
effort with HAL programming would mogt likely range from 20 to 40% and result in a
highly visible program documentation that allows program management techniques to
be applied similar to those imposed on a hardware development task, such as design
reviews and establishment of critical milestones for an orderly development cycle.

6.4 SYSTEM REDUNDANCY MANAGEMENT TECHNIQUES

The data management subsystem is essentially dual redundant to meet both the relia-
bility goal and the fail operational requirement for system safety. A backup is re-
quired for the IMU and the main elements of the data management subsystem such as

the central computer and its peripheral interconnections to guarantee stability during
operations in the vicinity of the Orbiter,

The reliability analysis provided an apportionment of the unreliability of the total
vehicle to each of its subsystems and to each of the avionics subsysteras. The
avionics system poal assigned in this way 18 0.992, An analysis of the avionics sub-
system made with a model that adds the minimum weight for the greatest gain in re-
liability showed that the avionics system goal of 0. 992 could be achieved with a dual
redundant CPU, IOP, CIU, and buffer formatter in a system with a modular computer
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using a memory with error detection and correction. The results were shown in
Figure 6-1. A similar analysis using a simplex computer with the memory, CPU,
and I/0 packaged to aperate as a unit also showed a dual redundant computer would be
needed to achieve the reliability goal.

Table 6-5 summarizes the types of redundancy utilized throughout the Tug avionics
system.

Dual redundancy implementation is common except for dodecahedron IMU sensors and
triple redundant flight control servos and amplifiers, Dodecahedron redundancy man-
agement is a software functional selection of the sensor set providing most reasonable
data when compared to other combinations of sensors, This selection will be aug-
mented by status data collected by the checkout software. TFlight control servo failure
is masked by a mechanical voting technique that is self correcting for any single
failure and requires no external redundancy management.

The dual redundant subsystem elements are implemented in a primary plus standby
configuration. Standby units are powered and operated during critical mission phases
where rapid reconfiguration is essential for mission success. Software controlled
decision algorithms based on checkout status data will confrol reconfiguration for
attitude sensors, rendezvous and docking sensors, and communications elements,
Rapid fault recovery hardware is implemented in the redundancy management of the

computer, data bus, and fuel cell.

Table 6-5. Summary of Redundancy Techniques Utilized

. LEVEL TYPE OF REDUNDANCY
SULSYSTEM REDUNDANCY REDUNDANCY MANAGEMENT APPROAGH
DATA MANAGEMENT CPU/MEMORY HARDWARE
COMPUTER DUAL {(MODULAR) PRIMARY + STANDBY CHECK AND SWITCH
DATA BUS DUAL INDEPENDENT CIU CHANNEL CHECK WITH
CHANNELS 0P SWITCH
GN&C DiU CROSSTRAPPED TO LRUS
MU DODECAHEDRON MULTIPLE SENSORS DMS SOFTWARE PROVIDES:
ILT {PCS, VEL UFDATE} FAULT TOLERANT MULTIPLE CHANNELS SENSOR DATA COMPARISON
SELECTS SENSOR SET FOR
COMPUTATION
DETECTS SENSOR FAILURE &
RESELECTS SENSOR SET
ATTITUDE UPDATE DUAL ONE + SPARE POWER UP/DOWN
FLT CONTROL TRIPLE MAJORITY VOTING SELF-CORRECTING
RENDEZVOUS/DOCKING
SENSORS DUAL PRIMARY + BACKUP POWER UP/DOWN
COMMUNICATION
PHASED ARRAY FAULT TOLERANT MULTIPLE-ELEMENT GRADUAL DEGRADATION
ANTENNA
SIGNAL PROCESSING DUAL INDEFENDENT _DMS SOFTWARE CHECK/
CHANNELS SWITCHING
ELECTRICAL POWER
FUEL CELL DUAL ONE + SPARE SELF-DETECTION & CORRECTION
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Redundancy management of a dual moduiar computer is a primary concern because of
the need to detect errors and make corrections hefore significant harm to the vehicle

can cceur. There is no making of failures. Figure 6-10 depicts the technigues used

in management of the primary and backup units in the Tug computer.

A basic premise for the Tug mission is that all mvdules have power applied and are in
an operating mode throughout the mission, This permits a comparison of the operation
of each module to improve the failure detection capability although the backup modules
are inhibited from writing into memory until they are given control by hardware error
detection circuitry in the primary modile.

Additional redundancy is implemented in the CPU logic to improve the probability of
detecting fajlures. Dual adders will provide a comparison test of operability. Parity
tests on all register transfers will be included. These techniques have been shown to
be effective in achieving a coverage of 0.90 for dual configrrations,
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#TRANSLATOR CORRECTS PLANE SWITCHING

,-.--..——h—-—-—‘
SINGLE ERROR [rm— ——
@REPLACE FAULTY MMU y : ;
OR BIT PLANE L] MMU

MMU MMU MMU MMU MMU ; s ARE,} : APARE) ;
t 1
i T
TRANS- TRANS- TRANS: TRANS TRANS- | 1 TRans I | TRANS !
LATOR LATOR LATOR LATOR LATOR | 1 LaTor § | LATOR !

e awd  emmaad
m m m m m I | | | l ¢ ALL MODULES
10P MEMORY BUS POWERED

& OPERATING
| | | | || |

& MEMORY WRITE
CPU MEMORY B8ULIS INFIBITED UNTIL

CONTROL IS

TRANSFERRED
PRIMARY] ERROR L DANSFERI packur | |erimary[error | TRANSFER} ackup
cpU DETEGTION | conrror | Y 1aP DETECTION [gonrang | OF
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¢ PARITY TESTS ON Al.L REGISTER TRANSFERS

® COMPARISON TEST (:F DUAL ADBERS IN
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Figure 610, Fault-Tolerant Computer Redundancy Management
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SECTION 7 -
TUG CHECKOUT
Three major trade studies served as the basic drivers in establishing the Tug checkout

system configuration. These studies involve the issues of checkout philosophy, allo~-
cation, and implementation.

A summary of the checkout system resulting from the final trade iterations is provided
as follows:

a. The general philosophy is Condition Monitored Maintenance with preflight testing
(CVM )

b. The Data Management subsy stem is utilized for execuiing test instructions, and
storing and processing data.

a. Tug onboard checkout software subtotal is 8. 9K words.

1, Bafety -~ 1, 5K words
2, Status ~ 6. 2K
3. Initialization - 0.6K
4, Partial functional - 0. 6K

d. 1200 words of memory set aside for payload checkout.

e. 320 Mhits write/read mnintenance data storage capability on NASA standard tape
recorder,

Volume I contains a complete description of the Tug checkout system,
7.1 CHECKOUT PHILOSOPHY TRADE

The intent of any checkout effort is to establish confidence that the item being checked
will perform to expectations, Six checkout philosophies and their characteristics were
defined o cover the philosophy spectrum from no testing to extensive testing in that
ordex:

a. Honds off (HO) ~— use to {ailure,

Ir. ard time-remove/replace (HTpp) — remove/replace every (T, event, cycle)
c. Hard time-test HTy) - test every (T, event)

d. CMM - no preflight test (CMMPF) - full trend analysis

»
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e. CMM - preflight test (CMMpy) — limited trend analysis
f, Test and retest (T&RT) ~ repeated preflight tests

"Hands Off"' Test and Checkout Philosophy — This test and checkout philosophy is
essentially one of no test and checkout, Once 2 component, subsystem or system has
been installed and checked out, there are no further checks conducted during the oper-
ational life, Simply fly it or use it until it fails.

This philosophy does not lend itself to detecting random failures or to providing data
for use in trend analysis to support preplanned maintenance and refurbishment actions,
On the other hand, there is very little impact on Tug design since the concept requires
no special features to accommodate tests, checkouts or planned refurbishment. Fur-
ther, system degradation caused by disturbing system integrity to malke test connec~
tions, can be avoided. It was experience with this latter problem that led the USAF

to adopt a "Hands Off" philosophy on the Atlas ICBM. Another general application ~
practiced to a greater or lesser degree — is the family car; it is usuaily driven until
it breaks down. While the consequences of such a philosophy are not too serious with
the family car or an ICBM in a standby alert mode, Tug inflight failures can result in
lost Tugs, payloads and missions and add considerably to overall program costs.

"Hard Time — Remove and Replace" Test and Checkout Philogsophy — This philosophy
like hands off, is another form of a no test and checkeut philosophy. In this case,
components or LRUs are removed and replaced every X hours, cycles, or evenis
without regard to their actual status or condition. The removal time period is deter-
mined by engineering analysis supported by development test results, This philosophy
is based largely on the assumption that there is a straightline relationship between
wearout or performance degradation and age, Further it assumes that component/
LRU replacement at stated intervals can prevent failures.

This philosophy does not lend itself to detecting random failures or predicting data for
trend analysis, It is however, readily applicable to certain electromechanical and

mechanical components such as relays and fluid valves., Application of this philosophy
for the whole Tug can result in the requirement for extensive spares inventory, I can

a2'so result in removal of items which sifll have a useful life, resulting in unnecessary
costs.

This philosophy has been used extensively on USAF and commercial aircraft, but, was
not considered applicable for Tug systems.

"Hard Time — Test" Test and Chackout Philosorhy — This philesophy calls for test or
checkout at prescribed time/cycle intervals to ascertain that performance falls within
parameter limits. The assumption here is that inspection and test at fixed intervals
can detect, and thus prevent, failures. The decision to remove and replace is based
on test data rather than engineering analysis and predicted useful life, The concept

is similar to test and retest, but is time-related rather than event-related where

7-2

‘v
s B i T e b b o kAt S

—

ol

i

i s et i e



AP AR e e e i

event-related refers to evenis such as discrete evenis or functions in the turnaround
cycle,

Preliminary analysis indicates that turnaround costs can be expected to be about the
same as hard time — remove and replace. Tnder this test philosophy, more ground
checkout equipment and tests are balanced against more spares and unnecessary re-
placements associsted with hard time - remove and replace philosophy. This concept
was employed on the USAF Aflas {CBM program and is still selectively used by com~
mercial airlines where it is referred to as "on-condition" maintenance.

"Condition Monitored Maintenance With No Preflight (CMMpT)" Test and Checkout
Philogsophy — The CMMpF philosophy is the concept now practiced by most major ecin-
merecial airlines (supplemented by on-condition for selected items)., This philesophy
relies solely on techunical analysis of flight data and crew reports as a basis for com~-
mitting to a subsequent mission. There is no planned testing between flights.

Application of this philosophy to the Tug would require a high degree of confidence in
vehicle performance and analysis of performance data, It might be useful as an oper-
ations goal after several years of Tug flight experience. '

"Condition Monitored Maintenance With Preflight Testing (CMMpy)" ~ Test and Check-
out Philosophy — The CMMpy philosophy is based on the assumption that performing

a mission is the best system test. In this conecept, system performance is monitored
during the mission to detect data trands teward parameter limits, These data, com-
bined with an integrated systems prefiight checkout, provide the basis for committing
to the next mission,

Remove and replace action is based on an engineering analysis of the flight datu. This
permits preplanned maintenance.

The CMMpy philosophy is a direct outgrowth of the CMM concept developed and used
by commercial airlines. It does have a significant impact on the Tug in that it reqguires
considerable on-board performance monitoring capabilify. This capability resulis in
reliable, fast and low cost turnaround.

"Test and Retest" Test and Checkout Philosophy — This philosophy calls for extensive,
detailed testing during tummaround and prelaunch operations at all levels (i.e., compo-
nent, subsystem, system, and integrated vehicle level). In general, the system and
integrated vehicle tests will simulate, to the maximum extent possible, the actual
operational conditions. This philosophy leads fo such time consuming checkouts as
cryogenic tankings and full secale countdown demonstrations.

Implementation of this philoscphy provides the best opportunity to detect random fail-
ures and provides data useful for trend analysis and permits the establishment of use~
ful life times based on specific test data. It results in a high confidence that all systems
are ope rating within prescribed parameter limits before committing to launch,
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This philosophy will result in the longest furnaround time. This in furn generates
high turnaround costs associated with the larger number of test personnel utilized
for longer times as well as more extensive ground checkout equipment reqiired to
wccomplish the tests. ¥ will also have some impact on Tug design in that more test
points must be provided.

This philosophy is presently used on the expendable lminch vehicles and spacecrait.

Summary — The CMMpy philosophy is a direct outgrowth of the CMM concept devel-
oped and used by commerciai airvlines. It has a significant impact on the Tug in that is
requires considerable on~board performance moniforing capability., This capability
results in relisble, fast and low cost turnaround, It is recognized that not all Tug sys-
tems or components will lend themselves fo the CMM concept. In areas such as struc-
tures, performance monitoring duving flight is not praectical nor within the baseline on
board instrumentation capabiaties. For these systems, the Hard Time~Test or Hard
Time~Remove and Replace concept would be used to supplement CMM in determining
required maintenance actions and ascertaining flight readiness status.

7.2 TEST REQUIREMENTS, SUPPORT, AND ALLOCATION TRADE

7.2.1 TEST REQUIREMENTS. The logical steps or gevuences used to implement a
philosophy are known as tests, Basic elements of a test have been identified and six
categories of test defined. These categuries, as shown in Figure 7-1, typify the vari-
ous test characteristics required to accemmeodate the implementation of the checkout
philosophy within system operational constraints.

Measurements obtained from the unit under test have been categorized as operational,
functional, and instrumenfation-derived, in anticipation of the need to diffe:entiate
between the methods required to access each category. Shaded portions of the six test
categories indicate the support/measurement mix bhetween them, which, in fact,
establishes their unique characteristics.

When these six tests should be performed involves the judgement as to which compon-
ents each of the test type should be applied, taking intc consideration the particular
flight or ground operational phase. This judgement for Tug checkout is shown in
Tables 7~1 through 7~6. Each table is a matrix showing which elements are being
tested by a particular fest during the 10 different operational fIight and ground phases.
The distribution of test aetivity formed by these matrices provides a basis for allo-
cating the responsibility for performing these tests as discussed in Section 7, 3.

7.2.2 SUPPORT REQUIREMENTS, Along the the bagic tests required to be per-
formed during each mission phase, the indivicual component test parameter support
requirements need identification. The test parameters provide the means of assess-
ing the functional operability or state of the component. They are implemented by
gpecifying the proper combination of input and output measurements required to
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Figure 7-1. Test Implementation Philosophy

synthesize the parameter. Processing of the measurements, or the actual parameter
synthesis, is another implementation/support requireme::t along with a criterion com~-
parison and decision on the acceptability of the parameter.

A representative set of test parameters was generated for each component at each level
of test, Parameters required to be available for each test category were then con-
verted to measurement (or test data) and support requirements. These requirements
are provided in terms of

a. Software required to execute the test, evaluate the results, and apply an acceptabil-
ity criterion.

b. Measurements required as input data to the evaluation.

The total component support requirements are applied to each test category and
summed to provide a quantitative basis for the checkout structure.

Total software support is shown categorically in Figure 7-2 and represents that soft-
ware directly chargeable to each of the checkout tests. Note that only a small amount
of coding is anticipated in support of Tug peculiar maintenance data processing since

basic trend analysis subroutines and methods are being examined under KSC contract
and are expected to be available for Tug. The total number of measurements to be
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Table 7~1. Elements Undergoing Functional Tests

Operationsl Phases

P.s |Orbiter | On-
Elaments Undergoing Test Launch | Ascent |Orbit

B/L
Tug | Tug |Deploy/

Deploy | Agcent| Ret [Descent

Tug

Orbiter
Caphure

Orhiter
Descent

Grnd
Ops

©

10,
11

13
14,
ia,

16,
17.
18.
149,
20,
21,
22.
23,
24,
25,
28,
27,
28,
29.
30,
3L
32,
33,
34,
35,
36.

Computer } X
c X
DIU

Tape Recorder

IMU & Electronics

Sun Sensor

Star Tracker

LT

Control Electronics

Rate Gyraos

Laser Radar/Electronics

TV Camera & Electronics
Strobe Lights/Electronics
Phased Array

Neiwork/Switch Assemb/Omni

= o MW oM
I S L . T T

ox X X X

Transponder
Signal Processing
CMD Distribution
Sensors

Signal Conditioner
Fuel Cell l b1

- - A - -

Emergency Battery
Power Processing X
Power Distribution X X
Harnesses ®
Waste Heat Loop X X
Plumbing
Thermal Control X X
Main Engine
APS

FF&D

VAES

Tauks
Interfage Orbiter X
Interface Ground
Interface Spacecraft

B oM BB MMM MO M OKM M OM K K M OK K o o ®oR M X X oK oK

MoM M oOMoOoX X XM oM oM

Tokls 25 3 12

2
o
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Table 7-2, Elements Undergoing Status Verification Tests

Operationsl Phases
B/L
Pre (Orbiter | On- | Tug | Tug |Peploy/] Tug |Orhbiter |Orbiter | Grod
Elements Undergoing Test Leunch | Ascent |Orbit [Deploy | Ascent| Ret |[Descent|Capiure |Descent| Ops
1, Computer X X X X X X X X X X
2. CIU X bis X X X X X X X
3, DIU X X X X X X X X X
4, Tape Recorder b e X X X X
5, IMU & Electronios X X X X X X X
6. Sun Sensor X X X X X
7. Star Tracker X b4 X X X
8, ILT X X X X X
8. Control Electronics X X X X X X
10. Rate Gyros X X X b4 X X X
11. Laser Radar/Electronics X X X
12, TV Camera & Elecironics X X X
13, Strobe Lights/Electronics X X X
14. Phased Arrey X X X X X b4
15, Network/Switch Assemb/Ommi X X X X X X X
16, Transponder X 3 X X X X X X
17, Signal Processing X X X X X X X X
18, CMD Distribution X X X X X X X X
13, Sensors X X X X X
20, Signal Conditioneyr X X X X X X X X X X
21, Fuel Cell X X X X X X
22, Emergency Batiery X X X X X
23, Power Processing X % X X X
24, Power Distribution X X X X X X X
25, Harnesses
26, Waste Heat Loop X X X X bs X
2%, Plumbing
28, Thermal Control X X X X
29, Main Engine X X X
30, APS X X X
31, Tr&b X X X X X X
32, VAPS X X X X X X b4 X X X
33, Tanks
34, Interface Orhifer X X X X X
35, Interface Ground
36, Interfzce Spacecraft X X X X X
Totzls 8 22 | 30| 28 | 20| 24| 924 | 126 12] 4
OR IGBV 77
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Tahle 7-8. Elements Undergoing Safety Monitoring

Elemenis Undergoing Test

Operational Phases

Launch

Orbiter
Ascent

On~-} Tug | Tug
Orbit | Deploy | Ascent

P/L
Deploy/|
Ret

Tug
Descent

Orbiter
Capture

Qrbiter | Grnd
Descent| Ops

10.

16.

24,
25,
26.
27
28,
29,
ao,
31,
32.
33,
a4,
35,
a6,

Computer

CIj

Diu

Tape Recorder

IMU & Electronics

Sun Sensor

Star Tracker

ILT

Control Electronics

Rate Gyros

Laser Radar/Electronies
TV Camera & Electronics
Strobe Lights/Electronics
Phased Array
Natwork/Switch Assemb/Omni
Trensponder

Sipgnal Processing

CMD Distribution
Sensors

Signal Conditioneyr

Fuel Cell

Emergency Battery
Power Processing
Power Distribution
Harnesses

Waste Heat Loop
Plumbing

Thermal Control

Mazin Engine

APS

FF&D

VAPS

Tanks

Interface Orbiter
Interface Ground
Interface Sppcecrafi

I ]

X

oM oK ox®

EE R

Tofals
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Tahle 7-4,

Elements Undergoing Calibration Tests

Elements Undergoing Test

Operationsl Phases

Pre
Launch

Orhiter
Ascent

On~
Qrbit

Tug

Tug

Deploy | Ascent

P/L

Deploy/
Ret

Tug
Desecent

Orblier
Capture

Orbiter
Descent

Grad
Qps

3.
4.
S
G,
7.
2.
9,
10.
11,
iz,
13.
14,
15.
16,
17.
ia,

19,
20,
21
22.
23.
24,
25,
26
27,
28,
29,
30,
31,
32,
3a3.
34,
35,
36,

Computer

CIU

DIU

Tgpa Recorder

IMU & Electironics

Sun Sensor

Star Tracker

ILT

Control Electronics

Rais Gyros

Laser Radar/Elecironics
TV Camera & Eleefronics
Strobe Lights/Electronics
Phased Array
Networlk/Switch Assemb/Omn{
Transponder

Signal Processing

CMD Distribution
Sensors

Signal Conditioner )

Fuel Cell

Emergency Batiery
Power Processing

Power Distribution
Harnesses

Waste Heat Loop
Plumbing

Thermal Control

Main Engine

APS

TF&D

VAES

Tanks

Interface Orbiter
Interface Ground
Interface Spacecraft

ooMH oM X X

Totals

10

1o
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Table 7-5. FElements Undergoing Maintenance Data Acquisition nlonitoring

Operational Pheges

P/L :
Pre {Orbiter | On~ | Tug | Tug |[Deploy/| Tug |Orbiter |Orbiter | Grad
: Elements Undergoing Test Launch | Ascent |Orbit | Deploy{ Ascent| Ret [Descent|Capture|Descent| Ops

e

Computer
g 2, CIU
1 3, DIU X

i 4, Tape Recorder

5, IMU & Elecironics
6, Sun Sensor X X
7, Stur Tracker
8 ILT ES 3

O

9. Control Elecironics
10, Rate Gyros

: 11. Laser Radar/Electronics X X
12, TV Camera & LElectronics

13, Strobe Lights/Electronics

14, Phased Array

15, Network/Switch Assemb/Omni

[

i
i) 16, Transpornder

; 17. Signal Processing
; 18, CMD Distribution
19, Sensors

20. Signal Conditioner
; 21 Fuel Cell % X X X

E - S B

"

22, Emergency Baffery
23, Power Processing
24, Power Distribution
25, Harnesses

26, Waste Heat Loop b X
27, Plumbing

28, Thermal Control
29, Main Engine

30, APS

31, FF&D

32, VAP3

33. Tanks

34, Interface Orbiter
39, Interface Ground
36, Interfoce Spacecrait
Totals

E - - I
- -
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Table 7-6. Elements Undergoing Initialization Tests

Elements Undergoing Test

Operationel Pheses

Pre
Launch

Orbiter
Ascent

On~
Orbit

Teg

Deploy | Ascent| Ret

BP/L
Tug |Deploy/| Tug
Descent

Orhiter
Capture

Orbiter
Descent

Grnd
Ops

P

wop .

e

ey
[ -]
-

16,
17.
18
19,
20,
2L
22,
23,
24,
25,
26.
27,

-

28,
28,
30,
3L
32,

33,

34,
a5,
386

¥

Computer

cm

DIV

Tape Recorder

IMU & Electronics
Sun Sensor

Star Tracker

ILT

Control Elecironics
Rate Gyros

Laser Radar/Electronics

. TV Camera & Electronics

Strobe Lights/Electronics

. Phased Array
Network/Swiich Assemb/Omni

Transponder

Signal Processing
CMD Distribution
Sensors

Signal Conditioner
TFuel Cell
Emergency Battery
Power Processing
Power Distribution
Harnesses

Waste Heat Loop
Plumbing

Thermal Control
Main Engine

APS

FF&D

VADS

Tanks

nterface Orbiter
Interface Ground
Interface Spacecraft

E - A L

X

L A T

F ®oW o o»mom oM

E -

E - S

Totals

14

.12

20
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DATA WORDS REQUIRED {IN ADDITION
TO FUNCTIONAL SIGNALS)

TUG STATUS CHECKS TOTAL SUPPORT APPROX 98K
TO LRU LEVEL {DOES NOT INCLUDE

1.200 DISPLAY FORMATTING
1,000 50 OR UTILITIES)
@ 800
g . REQUIRES 1 MBIT RATES,
o 600 EXCLUDING ID/CONTROL DOES NOT INCLUDE
2 00 _ OVERHEAD STANDARD PROCESSING
200 MODULES BASELINED 1N
v
0 N TEST TYPES: LPSLIBRAR
5
5 — SAFETY
8 — STATUS =
MEASUREMENT |~ INITIALIZATION SUPPORT SOFTWARE
C — CALIBRATION
F — FUNCTIONAL
M -~ MAINTENANGE

Figure 7-2, Sofiware Support

acquired and processed to support Tug checkout is also shown. Again, these values
reflect those directly chargeable to the checkout function. Functional measurements
(those appearxing normally in the system just to make it work) are not considered check-
out overhead, Status checks are assumed to be to the component or line replaceable

B O unit (LRU) level to ensure compliance with
MISSION PHASE requirements and to lmit the geometric
100 expansion of the measurement array when
20 moving down to module level isclation.
PERGENT Total Tug checkout software is 98K words
PhoRT 601 (32 bits each), and does not include soft-
SOFTWARE ware required to process maintenance data.
10 Measurements required to support the
»0 CMMpy Tug checkout philoscply account
for an additional 1825 words of data.
| I A | I 11 !
01 2 JSSTONEPHBAS: 8910 Tug total support, categorized by the tests
it implements and depicied in Figure 7-3,
is spread throughout the Tug operations
HIGH HIGH HIGH cycle/mission profile to provide the basis
FUNCTIONAL gﬂ‘;’&g CALIBRATION for establishing the checkout allocation.
‘ Both test and support requirements were
TUG MISSION primarily a requirements coordinating effort
Figure 7-3. Total Software Support necessary to provide a basis for the alloca-
Versus Mission Phase tion, which is the second major area of trade.

7.2,3 ALLOC ATION. The distribuiior of components being tested from the matrices
on the previous tables (summarized in Table 7-7) leads to an allocation of where the
tests should be run, based on the following criteria: recurring test demands (status
tests), phase~peculiar testing (safety), and the requirement for high software memory
storage with little usage (functional tests). The allocation is shown in Figure 7-4
including the amount of software memory associated with the Tug Shuttle and ground.
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Table 7-7. Elements Undergoing Tests

No. of Components Undergoing Test
Mission Phases Safety Status Calibration Func., Test Maintenance Initialization

Prelaunch 2 8 10 25 0 5
Shuttle Ascent 8 22 1 3 2 14
On Orbit 9 30 1 i2 2 12
Tug Deploy ] 28 0 1 8 2
Tug Ascernt 0 20 0 0 6 0 S
Payload Deploy 0 24 0 0 7 3
Tug Descent 8 24 0 0 7 1 ‘
Orbiter Capture 9 26 0 0 0 0 ;
Shuttle Descent 2 12 ] 0 0 0 ;o
Gud Ops 1 4 10 35 11 20 o
¥
GROUND PHASES UREITiRjHASES TUG PHASES
GROUND ALEOEATION ORBITER ALLDCATION TUG ALLACATION
FUNC{'ONAL TEST : SAFETY (MONITOR} SAFETY (REACTION SEQUENCE)
CALIBRATION STATUS
MAINTENANCE PROCESSING INITIALIZATION
PARTIAL FUNCTIDNAL
MAINTENANCE ACQUISITION
TOTAL: 88 K WORDS 15 XWORDS 8.9 KWORDS

Figure 7-4. Checkout Software Allocation
7.3 ONBOARD CHECKOUT IMPLEMENTATION OPTIONS

7.3.1 STATUS AS A DRIVER. Since all support requirements up to this point have
been predicaied on an unintegrated system, the status redquiremenis driving the
implementation reflect negligible built-in-test-equipment (BITE) in the system. All
trades involving BITE tend fo drive the system software and measurement require-
ments down. Therefore, the trade was basically one of determining the desirability

of reducing DMS responsibility for executing the tests. The approach taken was to
assess the impact of the relatively large amount of data and suppoxt and then define

a DMS capability threshold wherein BITE becomes necessary. As shown in Figure 7-5,
the DMS displayed a high tolerance and capability with a low BITE implementation and
did not in itself impose BITE development on the Tug.

The analysis required to support the trade was based on a modular software architec-
ture, The dominant featusre of this architecture with respect to the Tug implementation
is that & single subsystem component interface with the DMS requires only a small
software link so that, in terms of storage, the DMS is relatively insensitive to the
number of things plugged into it. DMS duty cycle overhead is driven by critical sub~
systems requiring very high speed status data necessary to support redundancy man-
agement. These few critical subsystems that have been flagged as requiring BITE are:

7-13
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STATUS |IMPLEMENTATION OPTIONS
+NQ BITE

MEM ] 1 <
= CPU top C/O DATA

LRU
«FULL BITE
MEM
conx ] Py 0P ¥ BITE RESULTS YiLRW
* 22K MIN
SAFETY
INITIALIZATION LRU

= BIT SUBSYSTEM

MEM
16K —1 CPU {(— IOP
SAFETY)
LRU
MEM | e ¥ L__'\
S9K uP 10 £ c/oDATA
WEIGHT
ACCESS PHILOSOPHY
TAP ON
BREAK IN
RT TASK SCHEDULE

DMS CAPABILITY

400 48
ZUOD{ { LRU PROCESSING MIX
80% LO SPEED
o I 10% MED

240 30F  12[{WORST CASE HIGH SPEED)

10% HI

CPU OPS

00l 25F 10F MODULAR SOFTWARE |
) KEEPS CURVE HIGH |
DATA L |
BUS [ i
puTty ﬁ';lf,s ﬂ'gm TOTAL MEMORY
CYCLE {K) . [PROG & DATA] i
KBPS) - 15 R |
80~ 10L a- :
40r 5+ 2
! 1
0 50 100
% BITE
SOME SUFPORT IS NOT BITE COMPATIBLE
INITIALIZATION
SAFETY
FORMATTERS
SPACECRAFT

MEMORY REQUIREMENTS ARE NOT SEVERE
BITE 15 MLST EFFECTIVE ON DRIVING DOWN
MEMORY WHEN IMPOSED ON >80% OF THE
SYSTEM

Figure 7-56. Onboard Checkout Implementation Options

Continuous BITE components:

1.

Tuel cells (fast detection/recovery)

2. DMS (full self check — software/hardware impiementation)

Commanded BITE components:
Scanning LADAR (full-DMS agsist)

8.

TV camera/electronics (full-DMS assist)

Signal conditioners {limited - A/D (PGA) convarter check)

Engine control electronics (full-end-to-end checks)

IMU (partial - quick Iook technique)

Star tracker (limited - funetional)

Sun sensor (limited - functional)

ILT (limited - functional/gain)

A second possible onboard checlzout system architecture involves the use of a built-in-
test (BIT) subsystem, The BIT subgystem is considered to be the best alternative {o
resolving a status and maintenance implementation conflict. The regolution would

7-14
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implement a second high speed data system dedicated to the checkout task and addi-
tionally provide the potential for onboard processing of maintenance data. Consider-
ing the absence of a firm need for peripheral (outside the DMS) status processing and
onboard maintenance processing, the penalty in terms of cost and weight associated
with a BIT subsystem eliminates it as a Tug candidate,

7.3.2 MAINTENANCE AS A DRIVER. The maintenance approach associated with the
CMMpy philosophy is that the best data on a subsystem/component is that generated
during the last operations cycle under true environment, In general, elecironics
units can be easily and adequately stimulated to emulate environment and are there-
fore easily tested on the ground. Mechanical systems are best tested in flight during
periods of maximum stress, A full maintenance program for the Tug requires data
bus rates on the order of 1 Mbit for raw data only (i. e., no time tag or ID overhead)
as shown in the support requirements development discussion,

Continuous or commanded status checks of electronic components will provide first
order maintenance data {o the line replaceable unit (LRU). In fact, compacted proc-
essed status data will in most instances provide isolation to a functional element with-
in the device. TFor those subsystems/components best tested in flight under stress

and requiring more detailed maintenance data, special maintenance action is accom-
modated. This is achieved in two ways: 1) with real-time responsive active measure-
ments (these impact the Tug DMS/Communications subsystems), and 2) with limit
detecting passive sensors for on-ground maintenance tasks,

The two maintenance accommodations and the driving requirements are shown in
Figure 7-6.

As indicated, the baseline maintenance data is generated at a 160 Khps rate during
periods of full operability. The trade of what to do with this data involves onboard
storage, telemetry rates, and telemetry coverage. The minimum weight/develop-
ment implementation utilizes a standard NASA 3.2% 108 bit tape recorder. Ground
expense associated with this implementation, as shown in Figure 7-7, is on the order
of 2.9 hours when restricted {0 a 16 Kbps downlink,

An iteration of the Communications subsystem {rade for communications downlinks
(refer to Section 3) subsequently identified the preference for a selectable 16, 84,

256 Kbps downlink, The 256 Kbps easily accommeodates real-time transmission of
maintenance data. During periods when telemetry ~overage is unavailable, both the
normal Tug telemetry and maintenance data will be recorded on the standard recorder
as required.
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SECTION 8
AVIONICS INSTALLATION

8.1 AVIONICS EQUIPMENT LIST

As the major trade studies have been completed, the baseline Avionics System has
been updated to reflect these recommendations. Table 8-1 presents the latest equip-
ment list for the updated baseline system as evolved from the outputs of this Avionics
Definition Study. There have been changes incorporated in each of the principal sub-
systems, with weight reductions in some and added weight estimated for others. n
spite of this, the overall weight shown, 898 pounds (407, 3 kilograms), is less than

10 pounds (4. 5 kilograms) increased from the MSFC value of the 15 July 1974 con-
figuration document MSFC 68 M 00039~2. Significant differences with respect to the
equipment list are covered by subsystem below:

Data Management Subgystem

MSTFC Configuration 158 Ib (71.7 kg)
Study Baseline 100 1b (45.4 kg)

-58 1b (26. 3 kg)

Changes: (1) Computer size and weight reduced ~31 lb (14. 1 kg)
(2) Elimination of Auxiliary Memory -20 1b (9.1 kg)
(3) Buffer Formatter incorporated into CIU

Guidance, Navigation, and Control Subsystem

MSTC Configuration 153 Ib (69.4 kg)
Study Baseline 190 1b {86. 2 kg)
+37 1b (16.8 kg)

Changes: (1) IMU and Electronics weight increased +13 1b (5.9 kg)
(2) Rate Gyros weight reduced -7 Ib (3.2 kg)
(3) Star Tracker weight inereased +7 1b (3.2 kg)
(4) ILT added, +24 Ib (10.92 kg)
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5 o 5“‘3 .. Table 8-1. Space Tug Avionics Equipment List - Baseline System
Sl Unit
Dimensions Op. Unit Wt. Subsys. Wi,
No. Power,
Equipment Reqd Inches (cm) Watts 1b (kg) Ib (kg)
DATA MANAGEMENT
Digital Computer (1) | 10x14x9.5 | (25.4 x 35.6 x 24, 1) 60 | 34 (15.4) | 100 | (45.4)
Computer I/F Unit (2) Bx 5x6.5 | (12.7x 12,7 x 16, 5) 7 6.5 | ( 2.9)
Digital I/F Unit (8) 5x 5x6.5 | (12.7x 12,7 x 16. 5) 5 5 ( 2.8)
Tape Recorder {1} 10x 8x5 (25.4 x 20.3 x 12, 7) 20 13 (5.9
GUID, NAV. AND CONTROL
Inertial Measure. Unit (1) 9x 9dia (22.9 x 22,9 dia) 100 | 25 (11.8) | 190 | (86.2)
IMU Electronics (1) 10x20x 5 {25.4 x 50,8 x 12, 7) 100 30 (13. 6)
Rate Gyro Package (1) W0x10x6 (25.4 x 25,4 x 15, 2) 100 20 (9.1
Star Tracker (2) 6x 8x12 (15.2 x 20,3 x 30, 5) 12 16 (7.3}
Sun Sensor 2) | 6.9x6.5x3 {(17.5x 16.5x 7.8) 5 4.5 (2.0
Control Electronics (1) 12x12x 18 (30.5x 30.5 x 45.7) 50 50 (22.7)
Interferomeiric Landmark
Tracker
ILT Antenna (4) 2x 6dia ( 5.1x 15.2 dia) - 1 ( 0.5)
ILT Receiver (1) 12x10=x%9 (30. 5x 25.4 x 27.9) 15 20 (9.0
RENDEZVQOUS & DOCKING 63 | (28.6)
Scanning Laser Radar (1) 6x 8x20 (15.2 x 20.3 x 50. 8) 10 28 (12.7)
Ladar Electronics {1) 5x 9x11 (22,9 x 22,9 x 27, 9) 30 11 { 5.0)
TV Cameva & Electronics (2) 6x 6x15 (15,2x 15.2x38.1) 10 8/13 (3.6/5.0)
TV Strobe Lamps 4 [3.5x3.5x3.5] (8.9x 8.9x 8.9) | Negl. 0.25| ( 0. 9)
Strobe Slectronics (2) 2x3.5x2,5] (5.1x 8.9x 6.4) | Negl. 1 ( 0.9)




Table 8-1. Space Tug Avionics Equipment List ~ Baseline System. Contd
Unift
Dimensions Op. Unit Wi. Subsys. Wt.
No. Power,
Equipment Reqd Inches {cm) Watts | 1b (kg Ib (kg)

COMMUNICATIONS 149 | (87.6)
Phased Array Antenna (3)| 3.5x 165dia ( 8.9 % 38,1 dia) 93 16 ( 7.3)
Hemispherical Antenna @) | 4.6x 6x2 (11.7x15.2x 5.1) - 1 { 0.5
RF Network ()| 3.3x3.8x1 (8.4x 9.7x 2.5) - 2 { 0.9)
RF Switch (D) 5x 5x6.3 | (12.7x 12,7 x 16) 3 7.3 ] ( 3.3)
Transponder ) 15x 7=x6 (38.1x 17.8 x 15. 2) 16 16.5 | { 7. 5
Bignal Processor (2) [13.5x 6x5.6 | (34.3x15.4% 14.2) 18 11 { 6.0)
Cmmd Dist. Unit 3] 5x 5x4 (12,7 x 12.7 x 10, 2) 35 18 { 8.3
Encrypter (2) | 5.8x4.83x5,3| (14.7 % 10,9 x 13. 5) 7 4.3 (2.0
Decrypter (2 6x3.6x5.8| (16.2x 9.1x14.7) 2.4 4.1 [ { 1.9

INSTRUMENTATION 74 | (33.6)
Transducers (243) {Total)] 20 (9.1
Sig. Conditioners/MUX ()| 12x10x6 (30.5 % 25.4 x 15. 2) 22 18 { 8.2)

ELECTRICAL POWER 120 | (54.4)
Fuel Cell Power Plant (2)) 12x 6x15 (30.5x 15.2x 38, 1) 20 42 (12. 1)
Emergency Battery (1) 8x1lx 7 (20,3 x 27,9 % 17.8) 8 36 (16, 3)

PWR DISTRIBUTION & CONT. 82 (avg) 202 | (91.6)
Fwd Control Unit (LH| 10x 6% 8 (25.4 % 15.2 % 20.3) 10 ( 4.5)
Aft Control Unit (1) | 12x15x 8 (30.5x 88,1 x 20, 3) 24 (10. 9)
Pwr, Preocessing Unit {2) 9x 9x 8 (22.9x 22,9 % 20. 3) 8 ( 3.6)
Remote Pwi. Controller (59) | 0.5x1x 1 (1.3x 2,6x 2,5) 0.2 | (0.1
Harnesses/Connectors (Total) | 130 (59. 0
Arm/Safe Switches (2) 5 ( 2.3)

SYSTEM TOTAT AVIONICS WEIGHT 898

(407, 3)
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Rendezvous and Docking Subsystem

MSFC Configuration 351b (15, 9 ko)

Study Baseline 63 b (28. 6 kg}

+28 1b (12.7 kg)

Changes: (1) Original subsystem was Laser Radar only
(8) TV Camera and Electronics added, +16 1b (7.3 kg)
(8) TV Strobe Lamps and Electronics added, +8 1b (3, 6 kg)

Communications Subgysiem

MSTFC Configuration 72 1b (32.7 kg)

Study Baseline 149 1b (67. 6 kg)

+77 Tb (34. 9 kg)

Changes: (1) Revised AESPA, transmit only, 3 arrays -4 Ib (1.8 kg)
(2) TV moved to Rend. & Docking subsystem -14 Ib (6. 4 kg)
(3) Hemispherical Antennas added, +2 1b (0.9 kg)
(4) RF Network & Switch added, +9 lb (4. 1 kg)
(5) Separate Transponders, +33 lb (15. 0 kg)
(6) Signal Processors added, +22 1b (10,0 kg)
(7) Decoder included in Sig. Processor, -3 lb (1.4 kg)
(8) Added Encrypters, Decrypters, +17 b (7.7 kg)

(9) Command Distributer weight increased, +15 1b (6. 8 kg}

Instrumentation Subsystem

MSFC Configuration
Study Baseline

61 1b (27.7 kg)
74 1b (33. 6 kg)
+13 1b (5. 9 kg)

Changes: (1) Incorporation of MUX into Sig. Cond., +18 Ib (8. 2 kg)
(2} Reduction of Sensor/Transducer weight -5 Ib {2, 3 kg)

8-4
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Electrical Power & Power Distribution Subsystems

MSFC Configuration 410 1b (186. 0 kg)
Study Baseline 322 1b (146. 1 kg)

-88 Ib (39. 9 kg)

Changes: (1) Tuel cell assembly weight reduced, -38 b (17.2 kg)
(2) Tankage eliminated, -15 1b (6. 8 kg)
(8) Plumbing wazight reduced, some outside avionics

(4) Thermal Control Distributor eliminated, -12 Ib (5. 4 kg)

(5) Battery weight increased, +16 lb (7.3 kg)

(6) Other distributer weights reduced (see Section 4 for power system
weight trades)

8.2 INSTALLATION OPTIONS TRADE

The objective of the Tug avionics mounting options analysis was to achieve 4 minimum
weight maintainable installation suitable for mission requirements, Three principal
factors constitute the major eriteria for installation: accessibility, proximity to
related hardware, and thermal control.

A survey was made of some 50 components to acquire as much information as cur-
rently avallable to make an initial mounting arranger-ent and layout, A list of sug-
gested mounting groups is given in Table 8-2, Basic mounting data that was gathered
is presented in Table 8-3. The data provided identification of component size, weight,
angular location, power dissipation, and view orientation. Included in the eriteria
that were applied in thr: development of the initial mounting scheme were: accessibility
for maintenance/replacement, proximity constraints, thermal control, minimum
glectrical interference, physical mounting requirements, and view orientation for
optics and antennas. Most heavily weighted in this first cut were proximity and view
orientation, to a lesser extent accessibility, and with limited thermal control
consideration.

Location of the avionic components has been made in accordance with the subsystem
and system functional requirements. Mounting recommendations for the avionics
installation are shown in the preliminary "rough" layout of Figure 8-1. Each mount-
ing group has been located around the periphery of the square payload support strue-
ture on a special equipment support structure., Stable mounting platforms are pro-
vided for the Rendezvous and Docking components group with the laser radar and TV
cameras, and for the GN&C group, which contains the IMU, star and sun trackers, and
the rate gyro package. Three phased array transmitting antennas for communications

8=-5




Table 8-2, Tug Avionics Mounting Groups

e TR, AL e 1

F - mount in space forward of LHg tank
A -~ mount in intertank space
S - mount on shroud, generally with external exposure

Mount each group generally on a common mounting plate unless otherwise indicated.
Plate will ultimately be used for thermal control as a heat sink and heat distribution
medium.

o | IMU, Star Tracker No, 1, Star Tracker No. 2, Sun Sensor No. 1, Sun Sensor
No. 2, DIU Pair No. 2,

2 TV Camera and Electronics No, 1, TV Strobe Lamps Pair No. 1, TV Camera
and Electronics No. 2, TV Strobe Lamps Pair No. 2, Scanning Laser Radar,

3 TV Strobe Electronics No. 1, SLR Electronics, TV Strobe Electronics No. 2,
DIU Pair No, 1,

4 Arm Safe Switches No. 1 and 2, Forward Power Distrib, Control.
F5 Digital Computer, Tape Recorder, CIU No. 1, CIU No. 2,

5 RF Network Assembly, RF Switch Assembly, Transgonder No. 1, Transponder
No. 2,

7 Signal Processor No, 1, Signal Processor No. 2, Command Distribution,
Encryption No. 1, Eneryption No, 2, Decryption No, 1, Decryption No. 2,

8 Signal Conditioner No. 1, DIU Pair No. 4.

79 Phased Array Antennas 0 deg (0 rad), 120 deg {2.09 ra), 240 deg (4. 19 rad);
Hemi Antennas 90 deg (1. 57 rad), 270 deg (4. 71 rad). (Flush mounted angu~
larly around shroud,)

Al GN&C Control Elecironics, DIU Pair No. 3.

A2 Signal Conditioner No. 2, Signal Conditioner No. 3.
A3 Fuel Cell No. 1, Fuel Cell No. 2.

Ad Emergency Battery, Aft Power Distr., Control.

A5 H20 Heat Exchanger, ACS Pumps

S1 ILT~ANTS Antennas, ILT-ANTS Receiver Electraonics. (Flush mount anien-
nas in 40 in. (101,86 cm) square pattern anywhere on shroud surface with
receiver electironics inside nearby.)

52 Space Radiators., Flush mount four, 1 in. (2.54 cm) t, radiator panels angu-
larly separated 80 deg (1. 57 rad) around shroud. Freon plumbing connects
them to fuel cells.
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o Vs Table 8-3, Avionics Equipment Mounting Data — Supplement to Table 8-1
% 2 (for dimensions, power, and weighis, see Table 8-1)
2 B
£yl
= :1;' Base Area
¥ G No, Group Locatlon
;::Eﬁi‘ipment Required No., inch (em) Angle View Comments
Data Mansfei2nt
Digital Computer 1 F5 10x14  (25.4 %35.6) None
Computer I/T Unit 2 F5 10x6.5 (25.4%16.5)
Digital I/F Unit, Pair No. 1 P 73 10x6,5  (25.4 x16,5)
Pair No, 2 2 Fl 10x6.6  {25.4 x 16,5}
Pair No, 3 2 Al 10x6.5 {25.4 x16,5)
Pair No, 4 2 8 10%6,6 (26.4 x16.5)
Tape Recorder 1 F5 10x8 (25.4 x20,3)
Guidance, Navigation and Control
Inertial Measuring Unit 1 Fi 9x9 {22.9 % 22,9)
MU Electronics K F1 10 x20 (25,4 x50.8) Mounnt with PIU No, 2
® Rate Gyro Package 1 F1 10x10 (5.4 x25.4) None
~1 Star Tracker 2 F1 24x6 (61,0 15,2} 45 deg (0.785 rad) Uncbstructed view
Sun Sensor, No. 1 1 F1 7%6.5 {17.8x16.5) 64 deg (0.1 rad) Unobstructed view
No, 2 1 F1 7x6.5 (17.Bx16.5) 64 deg (0.1 rad) Unobstrucied view
Centrol Electronics 1 Al 12x18 (30,5 x45.7) None Mount with DI No. 3
Iuterferomestric
Landmark Tracker Anienna 4 51 Bx12 {15.2 x 30.5) Unobstrueted Monnt as 40 in,
(10. 2 em) array
Receiver 1 851 10x12 {25.4 x 30,56} None Adjust to array
Rendezvous and Docking
Seanning Laser Radar 1 ) O] 20xB {50.8x20,3) 10 deg (0,174 rad)
’ cone
LADAR Electronies 1 3 gx11 (22,8 x27.5) None .
TV Camera and Electronics 2 2 6x15 (15,2 »38.1) 10 deg {0,174 rad)
cone
TV Strobe Lamps 4 F2 3.5x3,5  (8,9x8.9) 10 deg (0,174 rad)
cone
Strobe Electronics 2 r3 2x3.5 {5.1x%8.9)
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Table 8-3. Avionies Equipment Mounting Data — Supplement to Table 8-1

(for dimensions, power, and weights, see Table 8-1), Contd

% v No. Group Base Aren Location
E: g Equipment Required No. inch {cm) Angle View Comments
E E Communications
o Phased Array Antenna 3 Fo 15x15 {38.1x38.1) 0, 120, 240 deg Unobstructed
(0, 2,09, 4,18 rad)
Hemispherical Antenna 2 F9 4,6x6 (11,7x15.2} 90, 270 deg Unobstructed
{157, 4.71 rad)
RF Network 1 F6 3.3x3,8 (8.4 x9,7) 180 deg (3.14 rad) None
RT Switch 2 F6 5x5 {12.7x12,7) 180 deg(3.14 rad)
Transpohder 2 76 15X 7 (38.1x17.8)
Signal Processor 2 7 13.5x6 (34,3 x 15,2}
Command Dist. Unit 1 ¥ x5 (12.7 % 12.7)
Encrypter 2 F7 6x5 (15.2 X12.7)
z Decrypter 2 F7 6 x4 (15.2 x 10.2)
Instrumentation
Transducers 243 AR Scattered
Signal Conditioner /MUX, No. 1 1 FB 12x 10 {30.5 x25.4) One 12 x6 in, (30.5 x
No. 2 1 A2 12%310 (30,5 x25.4) 15,2 em) face has 480
No. 3 1 A2 12x10 (30,5 x25.4) wire connections
Electrical Power
Fuel Cell Power Plant 2 A3 12 x 16 (30,5 x40.6)
Emergency Battery 1 Ad 8x11 (20,3 x27.9)
Power Distribution and Control
Forward Control Unit 1 F4 10x6 {25.4 x15.2)
Aft Control Unit 1 Ad 12x15 {30.5 x38.1)
Power Processing Unit 2 A3 9x9 (22,9 x22,9)
HRemote Power Coniroller 59 All 1x1 (2.5x2.5)
Harnesses/Connectors Al
Arm/Safe Switches 2 4 None
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have been located 120 degrees (2. 09 radians) apart arosnd the outer shell, and two
hemispherical antennas are provided for receiving and for nearby link transmissions.

Additiong! future effort to improve and optimize the avionies installation when com-
ponent seicetion is "final" should be:

a. Further analysis of the proposed mounting arrangement and the rearrangement so
as to minimize connector lengths, improve accessibility, and provide for the
separation of sensitive components.

b, Perform a thermal control analysis and develop a thermal hardware design to

maintain the system within specified temperatures. Provisions must be made to
analyze the ground launch, on-orbit, and reeniry eavironments,
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SECTION 9
SENSITIVITY ANALYSES

9.1 MULTIPLE PAYLOAD ACCOMMODATION '

Analysis of the impact of multiple payloads on the avionics requirements has been
accomplished by the MacDonnell Douglas Company based upon payload data from the
NASA Space Shuttle Payload Data (SSPD) Study with further analysis provided by the
General Electric Company, The results of the analysis and the requirements appear
in the December 1974 MidTerm Progress Review, Report MDC G5629,\ for the
IUS/Tug Payload Requirements Compatibility Study — Contract NAS 8-31013.

Primary avionic effects of multiple payloads result from the probability of greater
electrical power load, increased data handling/processing requirements, extra com-
munications, and added caution and warning functions. Operational complexity in-
creases and the total mission durations tend to lengthen. Checkout functions during
the Shuttle orbital phase can be significautly greater, depending on the specific pay-
load requirements. The particular concern of this trade study has been the sensi-
tivities and effects on the Tug avionies gystem and interface for multiple payloads.

9.1.1 REQUIREMENTS, A comparison of anticipated Tug avionic regquirements for
single and multiple payloads is shown in Table 9-1. These impacts and requirementis
were defined in the MDAC Payload Requirements Compatibility Study, Contract

NAS 8-31013. General conclusions of that study were that the effects of multiple
payload operation on the design of the Tug avionics system are minimal. Two areas
have been called out by MDAC for special attention:

a. Design of the Tug forward Digital Interface Unit (D1U), which must handle the
increased command outputs and signal inputs.

b. Peak electrical power requirements while the spacecraft is attached, which may
or may not be best supplied by the Tug fuel cells.

9,1.2 AVIONICS SYSTEM IMPLEMENTATION

Electrical Power. Neither the average power nor the peak power load reguirements
for multiple payloads appeavr fo represent any special problem, The recommended
baseline design for the eiecirical power source is adequate to satisfy the indicated
needs. Dual fuel cells -~ each a nominal 2 kW — can supply a total of 3. 5 kW each
for eight hours as a peak load situation, Short duration peaks for the payloads above
the average power load of 1 kW for the Tug proper can easily be handled without
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Table 9~1, Tug Impact Summary Avionics

Services Required

Tug Single Multiple

Impacts

Power (avg kW)

Avg power — no impact.

Post-Deployment/ Peak power - current limiter,
Pre~Separation 0. 7 1,15 use of payload batieries as
Transfer 0.2 0.2 peaking supply
Power (peak kW) 2.4 3.4
Energy 11.8 12,7 T.equires use of propulsion
system reactants or extra tanks
Telemetry RT) Requires multiple inputs to
Digital Rate (Kbps) Variable Variable forward DIU variable rate
to 10,024 {0 10.024 interleave capubility. Space-
craft data selection switching
Discrete Controls
Orbiter /GSE Safing 4 12 Safing control cable assembly
Tug/Orbiter Discretes 32 64 Multiple DIU outputs.
Ordnance Initiation 4 18 Multiple PCU outputs
Discrete Talkbacks 20 50 Multiple DIU inputs
Processing Rate (Kops/sec) 0.1 0.3 None at levels assumed
Main Memory (K words) 1 2
Command (serial) (Kbps) Variable Variable DOD and NASA unique imple-
o 2 to 2 mentation require
C&W Signals
Tug Processed 2 6 Inclusion in Tug data format
and transfer to Orbiter,
Orbiter Transfer 35 35 C&W cable assembly

further redesign. Figure 9-1 illustrates the power available from the Tug fuel cells
and shows the plots of several typical payloads. For the short duration peaks that
may be encountered for multiple spacecraft up to 3.4 ¥W and at an energy level of
12,7 kWW-hr, there are no new system requirements created except for the distribu-
tion and switching circuitry and the interface wiring.

Telemetry. Some minor provisions are needed for the multiple inputs and the inter-
leaving of data. The requirements appear to be satisfied well within the present
baseline implementation recommendations.

Discrete Controls and Talkbacks, The number of wires for safing control and the
number of multiple DIU and PCU outputs/inputs increases, bui they are readily in-
corporated within the baseline design with no appreciable impact.
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Figure 9-1. Two Kilowatt Electrical Peak Power Thermal Limits
(During Spacecraft Checkout and In Orbit)

DMS Processing Rate and Main Memory Sizing. There are very minor effects on
rate and/or main memory size, 0.2 Kops from 0. 1 Kops and 2K words from 1K
words, which will not require special accommodations.

Command Signals. This is not a significant change from the capacity needed for
single payloads.

Caution and Warning, There is a slight increase for Tng processed signals, from 2 to
6, and no change for Orbiter transfer signals. No unique provisions are anticipated.

9.1,3 COST ELEMENTS, As can be deduced from the implementation discussion,
there are no major or significant cost impacts to the recommended avionics system
baseline arising from the addition of the requirement of multiple payload delivery mis-
sions. Some minor system design accommodations are needed, but no appreciable
effects will take place for program costs as compared to single payload delivery.

9,1,4 CONCLUSIONS, Sensitivities of the Tug avionics system to multiple payload
requirements are minimal, and the accominodations planned for single payloads can
adequately handle the multiples. Sufficient peak elecirical power is available from the
recommended baseline dual fuel cell power plants, Increased interface provisions for
the muliiple payloads will be incorporated into the design of the forward digital inter-
face unit (DIU). This will allow ihe increased command inpuis, caution and warning

signals, and discretes that result from transporting more than one payload. Generally,

there are no major changes to the basic Tug avionics design,
9-3
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9.2 AUTONOMY LEVEIL SENSITIVITY

9,2.1 INTRODUCTION. Practical solutions to an operational Space Tug that repre-
sent cost effective configurations that can be realized at reasonable or low program
Tisk tend to fall within the intermediate autonomy levels, The extremes of Level I, a
fully independent vebkicle, and of Level IV, with nearly total dependency on ground
gupport, appear to be costly choices. Either the vehicle nonrecurring development
costs are excessive (Level I), or the ground support nponrecurring and recurring
operating costs are exorbitant for these extremes because of the dependence on de-
signs, facilities, and large groups of personnel that do not yet exist.

Typically, the present study updated Tug avionics system baseline has gravitatad to a
Level II minus design configuration with a mixture of automatic and dependent exter-
nally controlled elements. The purpose of this trade study is the analysis and deter-
mination of the avionic system and subsystem sensitivities as the individual autonomies
are varied consistent with the Tug vehicle operational autonomy levels of II and ITi,
Impacts of shifts in the autonomy level of vehicle operation tend to be most pronounced
for the Communications subsystem, the Data Management subsystem, and the
Rendezvous and Docking subsystem with respect to the onboard avionics system.

These are the subsystems where the involvement of command and control and support
functions is greatest,

9.2,2 AUTONOMY DEFINITIONS. The original set of definitions for Tug autonomy
were issued by MSFC for the NASA/Air Force Space Tug System Studies (STSS) and
were translated by NASA for the MSFC documents MSFC 68M00039~1 and MSFC
68M00039-3 for application to this Avionics Definition Study.

Table 9-2 gives th.. basic STSS autonomy definitions for the baseline avionics system.
For the 13 functions considered, these have been translaied into functional require-
ments as they apply for Level II autonomy and Level III autonomy respectively. This
autonomy requirements matrix is presented in Table 9-3.

9.2,3 SUBSYSTEM ANALYSIS, Each Tug avionic subsystem has been examined to
determine how changes in the operational autonomy level can affect the design, per-
formance, and cost factors. These sensitivities are presented in the following para-
graphs by subsystem.

Communications, Command uplink and telemetry dewnlink are required for all levels
of autonomy of the Tug., For Levels I and II, the uplink is needed only to provide 2
command override function. This is contrasted for Level III, with full state update
requirements, and Level IV, where control of all phases would be from the ground.
These communications requirements exhikit themselves more in the surrounding link
elements, such as the niumber and location of ground staticns and relay satellites
(like TDRS), and the capabilities needed at each of the ground support facilities.
Tmportant, but less critical, are the detailed features of the onboard design such as
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Table 9-2, Levels of Autonomy — Space Tug Definitions

Level I Autonomy

Completely independent of any manmade inputs after separation (sach

as hoacons, Orbiter, and ground).

Onboard measurements and caleunlations enable mission to be com~

pleted in its entirety including all Tug and payload operations.

Final onboard rrendezvous and docking capability.

Command uplink override capability and telemetry down link,

Lavel II Autonomy

Ground or navigation satellite beacons (either must serve multiple

users) acceptable,

Level I autonomy will be required for those orbits where ground or

satellite beacons do not provide satisfactory state determinations.

Final onboard rendesvous and docking capability.

Command uplink override ecapability including payload status,

redirection, and retargeting of missgion with telemetry downlink,

Level IIT Autonomy

Ground stations provide state update during entire mission.
Onboard caleulations are performed for mission completion.

Final resdezvous {8 made by onboard capability.

Fingl docking with pround support.

Command and telemeiry capability.

Level IV Autonomy

All phases are controlled frosn the ground.

Calculations are performed primarily on the ground {such as
burn and midcourse — duration and direction).

Ground will control final rendezvous and docking,.

Command and telemetry capability.

main

9-~5

.\(ﬂ
o

e et a e



Table 9-3.

Autonomy Requirements Matrix for Levels II and III

Function

Requirements

Level 1L

Level I

Boost, Initialization
(C/0 Primary System)

Post Separation
Activation Sequence

Orbital Tracking
Attitude Update

Pogition and Veloelty
Vector Determination

Tug Telemetry
(Downlink)

Redundancy Management
and Sysiem
Reconfiguration

Alternate Mission

Guidance, Navigation,

and Control (for main

engine burns and mid-
course APS correction
burns)

Shuttle Rendezvous

Payload Rendezvous

Payload Deployment
and Monitor

Payload Docking

Shuttle control and monitor

Au.omatle (after secure rf uplink from ground
to initiate)
No requirement

Independent, on hoard

Independent, ground augmentation optional

Secure evenis and apalogue parameters when
stored limits exceeded

On hoard subsystem control, fault isolation,
redundancy manangement; and switchover by on
board checkout and fault isolation. Secure
command override for burn, abort and alternats
missions cancellation (single mode word com-
mands, Status secure downlinked for gremd
monlitor. Secure command to load memory
modules, i.e,, redundancy management diag-
nostic treable sheoting and overrides).

Determination and selection by zround option
(alternate missions determined and initiated
from ground by secure uplink).

GN&C automatic and independent {include pre-
burn, burn, post-burn, targeting, and recon-
figuration}). Use of ground heacon acceptable.

Automatically accomplished by on board com-
putation of navigation and gnidance except
beacon opticnal for Shuttle contact. All
rendezvous to be coplanar with Shuttle,
including abort,

Automatically accomplished by terminal phase
guidance with target passive. Event TM sfecure
monitoring

T.ocation, initializatlion, spin-up and release
performed automatically, Prior leployment,
Tug monitors go/no~go payload status, Thru-
puts pavload telemefry to ground

Accomplished automatically with target passive
or not actually evasive, Event TM secure
monitoring

Same ag level II
Same as level I

TDRS and DSN (beacon)
Same as level 1T

State update during the
eniire mission from ground
Stations

Full capability needed dur-
ing mission

Partial diagnostics and
reconfipuration conirol
on ground.

Onboard calculations are
performed for mission
completion

On board calculations for
mission completion. Siate
update from ground

Ground tracking and ground
computation of transfer tra-
jectory, Onboard computa-
tion If grovnd agrees.
Rendezvous coplanar includ-
ing abort,

Pinal rendezvous made by on
board capability

Location verified by ground.
Event sequince automatic
with ground mode optional,
Thruput of payload telemetry
to ground. Go/no-go from
ground,

Final docking with ground
support, Man~in~loop re-
mote control.

Uy S T e TR
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Figure 9-2, Baseline Communications Subsystem

Tug antenna coverage, gain, and directivity, This trade study has been primarily
concerned with the sensitivities and impacts of the onboard avionics system to the
autonomy level. Figure 9-2 is a diagram of the Tug baseline onboard Communications
subsystem, Elements sensitive to the differences in requirements between autonomy
Level [T and Level I are heavily outlined, Implementation sensitivity effects for
these are:

Telemetry Data Rate

Level II — thig mode of vehicle operation demands automation of several functions that
are related to state vector update and rendezvous and docking. Lower data rates and
less TM processing are required. In particular, the higher rates (such as 50 Khps)
that have been identified for a remote TV docking system would not be needed.

Level I — ground control of final docking will require higher data rates, Preliminary
design of the candidate for a manually controlled remote TV docking has shown that
rates of the order of 50 Kbps are needed for the slow scan TV applieation, and

160 Kbps for maintenance data telemetry. This impacts both the data switching and
the data processor provisions.

RF Coverage — Uplink/Downlink

Level O — continuous direct transmission and reception between the Tug and the
ground network stations is not feasible for some mission orbits. This necessitates
in addition to the ground stations, the utilization of relay satellites and/or satellite
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beacons. Storage of maintenance data in the DMS tape recorder of up to 800 bits is
required, if no telemetry dump is made for the engine burn data midflight. For those
situations where satisfactory state determination is not available from external
sources, independent Level I onboard equipment with this capability must be provided,

Level IIl — demands even greater rf contact with the ground stations, and the use of
TDRS, or the equivalent, is a necessity for the present Tug mission model. For
some of the mission orbifs there is doubt that the planned active STDN stations and
TDRS can adequately support the requirements of Level IIi operation.

Level TIT operation will increase the communication link recurring operating costs for
the program, but will not significantly influence the onboard avionics cost for the
Communications subsystem.

Data Management Subsystem. Changing between Level II and Level III autonomy has
no appreciable impact on the computer and data bus architecture of the DMS, How-
ever, the software programming of onboard control, state vector updates, onboard
checkout. and the telemetry formatting are directly affected. These impact the com-
puter sizing relative to throughput and main memory and can be a driver in the selec-
tion of available machines.

Figure 9-3 shows the recommended baseline DMS, which utilizes parallel dual data
buses that are controlled by a SUMC digital computer that is redundant and fault toler-
ant, At the present degree of specification, there is no change between Levels II and
TI except that that the computer sizing will be affected, and the tape recorder would
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Figure 9-3. Bagseline DMS Subsystem
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need to be the NASA STD 109 Lit recorder for Level II autonomy to avoid a wide band-
width data dump, 160 Kbps oxr more, and tc maintain independency with the ground,
Recording of the engine data for maintenance and record purposes requires nearly
800 Mbits of recording. Ior Level II, a telemetry data dump is needed sometime
after the second main engine burn; however, it is assumed for Level O that all the
data would be returned on the fape at landing. Table 9-4 lists the software estimates
as they have heen projecied for the recommended Tug avionics system (autonomy
Level II minus) and the expected numbers of words for the extremes of Level I and
Level III. For cost comparisons, see Table 9-5 in Section 9. 2. 4.

Table 9-4. Tug Software Estimate Comparison

Function Baseline Level II TLevel TIT
Executive 3, 067 3, 067 2, 500
Data Pool 2, 380 2, 680 3,000
Navigation 4,371 4,371 2,500
Guidance 4,595 4,595 4. 595
Flight Control 2,340 2,340 2,340
Telemetry 4,017 4,017 4. 017
Sequencing 1,818 1,816 1,500
Rendezvous & Docking 3, 500 3, 600 1,000
Tank Press. Control 794 794 794
Phased Array Conirol 220 220 220
Checkout (Status) 6,200 6, 200 3, 500
Redundancy Management 3,128 3,126 2,000
Utility Modules 3,900 3, 900 2,000
Total 40, 626 40, 626 31,949
Instruction Mix: 25,3891 25,391 19,296

Assume: 75% 16 bit
25% 32 bit

HOL Compiler Overhead 5, 078 5, 078 3,859

Assume: 20%
Estimated Memory Reguired 30,488 30, 469 23, 155
words
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Guidance, Navigation, and Control — Prinecipal GN&C subsystem sensitivities to
autonomy level derive from the basic question of how much capability is needed on~
board the Tug for state determination. For the more dependent levels (III and IV),
the need for onboard sensors and for onboard computational capacity is reduced.
However, the problems of mainfaining communications over the external rf links at
the proper update times are significant for some mission orbit situations. These
are of particular concern during polar orkits over the southern hemisphere where
tracking and ground station communicncions can be troublesome.

Tigure 9-4 shows the baseline GN%C subsystem, and the areas most sensitive to
changes of the autonomy level beiween Levels II and III are indicated. Descriptions
of the differences follow:

Posgition and Veloeity Update

Level I — Tug state determination is completely onboard and independent. Thig
requires the use of either Earth or celestial objects as a frame of reference.

Level II is the same as a Level I requirement for this function. The baseline imple-
mentation recommendation for independent determination of position and velocity is
the Interferometer Landmark Tracking method. Attitude determination for Level I
and for Lavel OI ig onboard with star scanners and sun sensors and is nof involved in
this comparison,
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Figure 9-4. Baseline GN&C Subsystem
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Level III — ground augmentation to provide update of the state vector can result in
lower costs for the onboard avionics. The Interferometric Landmark Tracker would
not be used. However, these costs will be offset by increased costs for ground track-
ing, ground computation, support software, and increased operational need for com-
munication services. Orbital restrictions for direct link operation require either
relay satellite support or mission orbits that permit needed state updates from the
ground stations at practical mission times. Appiouximate cost data for the GN&C ele-
ments is compared for autonomy Levels II and III in Table 9-5 in Section 9. 2.4.

Rendezvous and Docking Subsystem — Direct effects on this subsystem arise from
the basic differences between a fully automatic and independent docking method re-
quired for Level II autonomy, as compared to the dependent remote control and moni-
toring of final docking, which is the candidate for Level III operation. Sensor
requirements onboard and the communication link specifications are significantly dif-
ferent for the two cases.

Sensors and Docking Control

Level I — completely independent target search, acquisitions, lock-on, and terminal
deceking control capabilities are required. This necessitates the further development
of sensors and controls specifically for this application. T%2 requirements and
problems associated with these elements have been a primary examination of Task B
of this Avionics Definition Study and the details will not be repeated here. Figure 9-5
shows the scanning laser radar (LADAR) required.

APS
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Figure 9-5. Rendezvous and Docking Subsystem Autonomous Candidate
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Level III — where onboard fully automated sensors and control are not used, remaote
control from the ground is needed for the final docking., Prime candidate for that
function has been a remote TV method using slow sean and requiring increased com-

munication bit rates. This remotely controlled system with man-in-the-loop is
illustrated in Figure 9-6.

Comparisons of the costs of the Level II and Level III solutions are given in Table 9-5
in Section 9.2.4.

\

Q&i)

J(.. LLiTv _lELEcTRONICE]  VIDEO | SCAN
caMERA} | (SLOW SCAN) CONVERTER
ry PAN, TILT
7 CONTROLS & 200M
y C .

D-A-I-AL DATA _ | DATA U |'|1i ;;‘I>
OMS {ENCODER e Lt LODER g’l o

COMPUTER 1[_! oo e

£ =T HES

Yy R ! SUPERVISOR CONSOLE

COMMAND] _ {1 «27 D COMMAND
DECODER -Q- ENCODER

Figure 9-6. Rendezvous and Docking Subsystem
Man~in-the-Loop Candidate

Electrical Power Subsystem — For the two autonomy levels being congidered, there
are differences in the elecirical loads deriving from the GN&C subsystem, the
Rendezvous and Docking subsystem, and the DMS sizing, Level IOI operation has a
lesser demand for electrical power than Level &I, This reduction is less than 5% of
the total Level II Tug power requirement. P-incipul effect is the use of less
reactants from the main propellant tanks. 7This is such a small amount as to bhe
almost unnoticed against the normal hoilcif losses, ete. The fuel cell stack design is
not impacted, and ne significant design changes are anticipated within the slecirical
power subsystem between Leve! I and Level III operation.
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Instrumentation Subsystem — There will be some secondary impacts on the details of

the Instrumentation subsystem, In magnitude and in cost impact they are relatively
minor. Consequently, they have not been fully defined for the purposes of this trade
due to the lack of data and because the differences between Level U and Level III
autonomy are expected to be minimal,

9.2.4 COST COMPARISONL. Subsysiem cost data for the onboard avionics system
has been estimated for the Level I and Level IIT Tug operational autonomy conditions.
These cost comparisons are shown in Table 9-5, Airborne associated costs only are
shown, with no attempt to guess at the full impacts of the ground environment costs on

program level decigion.

Data Management Subsystem (DMS) differences are reflected in the DMS software
costs. There is also the possibility of a small delta in the selection of the recording
capacity of a NASA standard tape recorder, either a 108 or a 109 bit machine. This
could increase the cost of Level II by approximate'y $25, 000 and is negligible in the
analysis. The decision in this area is not yet firm, and the cost element delfa was
omitted.

Table 9-5. Autonomy Cost Summary — Aivborne
Agsociated Costs Only

Costs (in thousand dollars)

Level IT Level I
Prod/ Prod/

Subsystem DDT &E Oper Total DDT&E Oper Total
GN &C 3, 897 9,761 | 13,658 1,241 7,944 9, 185
Rendezvous & 11,755 | 16,223 | 27,978 1,614 5,368 6,932
Docking
DMS Software 4, 663 5,666 | 10,329 3,637 4,419 8, 056

Totals 20,315 § 31,650 | 51,965 i 6,492 17,731 | 24, 173
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9.2.5 CONCLUSIONS AND RECOMMENDATIONS, A best compromise between the
autonomy Levels I and 10 appears to be "Level II minus" as originally called out for
the baseline at the start of the Avionics Definition Study. The biggest driver on the
exact definition of this intermediate state appears to be the final decisions on the oper~
ation of the Rendezvous and Docking Subsystem. Some of the questions about the
details of the docking method are expected to be answered in later NASA studies that
follow the oufputs of Task B.

Sensitivities of ike subsystem designs to autonomy level are greatest in the:
a. Rendezvous and Docking Subsy .em

b. Guidance, Navigation, and Control Subsystem

c. Communications Subsystem

The DMS can algo be noticeably impacted, primarily in software reguirements and
sizing, where it is involved in the management and computational sarvices for the
noted subsystems. Cost factors can exhibit appreciable differences for all of these
subsystems, and the final choices can swing large elements of program costs hetween
nonrecurring developmental and recurring operational costs,

As more complete trade studies are conducted, and as concept verification testing is
accomplished, the definition of the baseline is expected to change. The precise level
of autonomy may change within the avionics system elements, but the total vehicle
operational level of autonomy is projected to remain at a level intermediate between
the present definitions of Level II and Level III.
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