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ABSTRACT

A systems design study of the alternative methods and relative merits of various approaches to transporting and
assembling a solar power satellite in geosynchranous orbit was conducted. State-of-the-art alternatives for chemi-
cal and electrical interorbital propulsion were studied and several possible scenarios for construction were pro-
posed.

Construction and assembly of the sotar power satellite in geosynchronous orbit would be recommended if a
chemical (LHa/LOo) orbital transfer vehicle is to be used for interorbital transportation. Advantages of chemical pro-
pulsion include flexibility and the use of existing technelogy without requiring significant state-of-the-art advances;
the major disadvantage is high propellant usage.

An electrical propulsion option would assume modular construction of the solar power satellite in low Earth orbit.
Each module would be provided with electrical thrusters and propelled immediately to geosynchronous orbit for
final assembly.

The major advantage of this transportation mode is the efficiency of hich impulse engines. Disadvantages in-
clude the state of technical development required for the engines, degradztion of exposed solar arrays during in-
terorbital transfer and the possibility of collisions with space debris at or near low Earth orbit.

The cost comparison between chemical propulsion and electrical propulsion yielded inconclusive results as to
which would provide the lower cost system.

FOREWORD

This report presents the results of eleven weeks of concentrated effort by the participants in the 1978 summer
program sponsored by the National Aeronautics and Space Administration in cooperation with the American Society
for Engineering Education. This pragram, entitled the NASA-ASEE Engineering Systems Design Institute, has besn
conducted annually at the Johnson Sy:ace Center since 1967 and is jointly adminiziered by the University of
Houston.

This year the systems design team 1/as composed of 19 faculty members from 16 universities representing 10
states, Guam and Puerto Rico. While primarily made up of professors from the various fields of engineering, the
tearn was atso multidisciplinary, Other disciplines represented included physics, mathematics, industrial educa-
tion, economics and finance.

The purpose of the design project was to study the relative merits of various approaches to transporting large
arnounts of payloid from the ground fo low earth orbit and subsequently to geosynchronous orbit. The payload will
be whatever materials and modules are needed for construction of very large structures in space, e.g., solar power
satellites. State-of-the-art alternatives for orbital fransfer using chemical and electrical oropulsion were studied and
several possible scenarios for construction were evaluated.
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CHAPTER 1
SUMMARY

1.1 PRIMARY OBJECTIVE AND
TASKS

The National Aeronautics and Space Agency has re-
cently begun considering the feasibility of placing
large Solar Power Satellites in geosynchronous orbit,
capable of generating 10 gigawatts of electricity.
These satellites are being studied with respect to
alleviating projected long-term energy shortages.

The 1976 NASA/ASEE Systems Design Institute was
given the task of exploring a portion of the Solar Power
Satellite system, with special emphasis on transporta-
tion and construction options. The primary objective of
the study was to explore the various approaches to
transporting satellite componenis from earth fo low
earth orbit and subsequently to geosynchronous orbit.

In order o accomplish the study objective, NASA
(Johnson Space Center) provided members of the
design team with pertinent information from contrac-
tors and “in-house” studies (see Ref. 2-8) relating to
the total system. Certain consfraints were placed on
the studv in the form of ground rules. For example, the
team was provided two baseline configuraiions of a
satellite functioning in geosynchronous orbit. Both
configurations included physical as well as various
struniural characteristics,

.2 METHOD OF ATTACK

Three mission scenarios were identified in the original
statement of work; two were selected for final con-
sideration. The two senarios were: (1) For electrical
propulsion, construct square satellite modules in low
earth orbit and transpoert to geosynchronous orbit for
final assembly; (2) for chemical propulsion, use low
earth orbit only as a depot, transporting materials to
geosynchronous orbit for total construction and assem-
bly.

Two teams were formed o analyze the mission
scenarios. Each team elected a captain and recorder

to serva unti! mid-term. During the second half of the
summe. the Faculty Fellows were divided into six
working parties. The Study Manager and the Systems
Design Institute Associate Director worked together in
coordinating the activities of the 19 member Systems
Design Institute.

1.3 STRUCTURE OF STUDY

As mentioned earlier, the main composition of the
study evolved around two primary scenarios for electri-
cal and chemical propulsion. These scenarios are dis-
cussed in detail in Chapters 5 and 6. The following two
sections summarize the findings, conclusions, and
recommendations of the eleven week design institute.

1.4 MAJOR CONCLUSIONS

As reported in Chapter 9, the preliminary nature and
scope of the Solar Power Satellite concept, coupled
with the project time constraints prevented the deduc-
tion of absolute conclusions. The design team did,
however, reveal numerous factors which precipitated
the following conclusions. Based on the findings of the
team, and considering the basic assumptions as out-
lined within the chapiers, three major conclusions
were reached:

& For chemical propulsion, complete assembly
at GEQ is recomimended for the Solar Power Satellite.

b. For electrical propulsion, partial assembly of
the satellite in square modules at LEO is recom-
~mended. The hydrogen electric arcjet appears to be
the most likely candidate for solar-electric propulsion
fo GEO at this time,

©. The cost comparison between chemical and
electrical propulsion yielded inconclusive resuits as to
which would provide the lowest cost system. This con-
clusion was reached using the best information availa-
ble for both systems. The degree of possibie eror in
the data will have to be reduced in order to warrant
further consideration.




1.5 RECOMMENDED RESEARCH
AND DEVELOPMENT AREAS

The findings and conclusions of the study are given in
Chapter 9. The eight major areas for research and
development identified in Chapter 9 are:

aw Further study is recommended regarding an
equatorial launch site, regarding heavy lift launch vehi-
cle risks and costs, and regarding orbital transfer vehi-
¢le mission profiles and cost.

b. More research is needed regarding cryogenic
transfer in space, as well as compatability of orbital
transfer vehicle stages with heavy lift launch vehicle
payload configurations.

€. Concerning electrical propulsion, a dedicated
research program is needed to ascertain usability of
thrusters, effect on the environment, and methods for
optimizing orbital transfer.

d. An indepth study of the potential radiation
hazards to personnel and materials in low earth and
geosynchronous orbits should be initiated and a review
of Space Radiation Standards is recommended.

2. Anindepth investigation into the risks of colli-
sion of the Solar Power Sateliite during construction
with space debris is recommended. This must include
the implications for location and modes of construction
for the saiellite.

f. The ecanomic study revealed a need for
further study in resource usage and market analysis.

. Severel areas regarding the Solar Power
Satellite will require additional Research and Develop-
ment such as new materials, adhesives, welding, and
joining techniques.

k. An indepth study of the benefits of creating a
space-based manufacturing site in suppart of any pro-
gram requiring extensive fabrication in space is recom-
mended,
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CHAPTER 2
INTRODUCTION

2.1 ENERGY RESOURCES AND
NEEDS

With uranium and fossil fuels heading towards deple-
tion, solar energy has emerged as a promising aiterna-
tive for long range energy needs. Sunlight, an in-
dispensable item for sustaining life, is almost taken for
granted by the vast majority of the world's peoples.
‘et, as a solution to the energy crisis, the sun may be
harnessed to produce electricity, synthetic liquid and
gaseous fuels, and high temperature thermal energy
for industrial processes. (Ref. 2-1).

According to ERDA {(Energy Research and Develop-
ment Administration), selar energy, the “'white hat’ of
energy sources, is clean and boundless. The develop-
ment has been accelerating in all its many forms. But
to make solar energy econnmically competitive will re-
quire good, hard-nosed engineering. in 1976, a record
90 million dollars was allocated for seeking ways to
convert sunshine into economical energy. By the end
of this century, solar technology could fill about tan
percent or more of the United States' energy needs
(Ref. 2-2).

This nation is not alone in recognizing the potential of
solar energy. Japan has announced its “'Sunshine Pro-
ject,” for which mulii-billion dollar expenditures are
being planned over the next 25 years. Australia s plan-
ning an expanded solar energy program, and similar
efforts are under way in Europe. The Soviet Union has
had and is continuing to pursue a significant solar
energy Jdevelopment program (Fef. 2-3),

2,2 PROBLEM BACKGROUND

The idea of a Solar Power Satellite was first proposed
in 1968 by Peter Glaser of the Arthur D. Little Com-
pany. The concept was presented later before a con-
gressional committee on Enargy and Space Tech-
nology. Glaser showed how solar energy can be con-
verted directly to electricity by means of solar cells
{photovoltaic conversion), from large satellites in geo-
synchronous earth orhit (Ref, 2-4).

The first successful solar cell was demonstrated in
1953. Nearly every spacecraft that has ever rocketed
skyward has depended on these purple-blue panels of
solar cells. The first totally solar-powered orbiting
laboratory--NASA's Skylab Space Station--also was
operated by solar cells. Though crippled after losing
one wing of cells at launch, Skylab sustained nine as-
tronauts for 171 days in orbit. The output of the remain-
ing 840 square foot solar cell array kept the mission
going.

Other satellite power concepts have been proposed
such as POWERSAT by the Boeing Company. This
idea uses a thermodynamic method of energy conver-
sion, with large Rankin engines operating from solar
reflector arrays (Ref. 2-5).

In contrast to thermodynamic conversion, photovoltaic
conversion involves no moving parts, no circulating
fluid, and no consumption of material. Furthermore, a
solar cell can operate for long periods without mainte-
nance {Ref. 2-8). However, serious degradation can
occur if silicon cells are subjected to proionged radia-
tion exposure. New materials and innovative manufac-
turing methods are needed in order to produce solar
cells at more reasonable prices.

One of the challenges of orbiting a satellite power sta-
tion is to develop transportation delivery systems. Such
programs as the Space Shuitle and Heavy Lift Launch
Vehicle (HLLY) will be necessary to deliver sateliite
payloads fo low earth orbit. By developing these and
other space transportation capabilities, power stations
could be constructed in orbit thus ridding our planet of
much of the thermal pollution associated with power
generation. Useful energy would be radiated to the
earth's surface in the form of microwave beams, and
finally, be converted back to electricity at high effi-
ciency.

Ehricke claims the vacuum of space 1s a much more
benign environment to machines than is the earth's
surface with its humidity, fog, and corrosive salt air. A
machine in space, unless it i1s vacuum sensitive, can
operate indefinitely. Space {earth orbits for now, and
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later, translunar regions) can provide a favorable sink
for many industrial activities (Ref. 2-6).

Accoridng to Fletcher, space systems may not be the
total answer to our energy needs, but they certainly
represent one of the directions in which we should be
jooking. What is important is that we begin to consider
other alternatives. If we had placed the same
emphasis years ago on ways to utilize solar energy as
we have put into the development of a nuclear
generating capacity, we might already be well along
the road to solving the energy shortage (Ref. 2-7).

2.3 PROBLEM STATEMENT

Numerous studies have been undertaken recently by
NASA concerming Solar Power Satellite systems. In
keeping with this theme, the 1976 Systems Design In-
stitute was assigned the task of studying a special
phase of the SPS system. Specifically, the objective of
the study was to investigate and determine the reilative
merits of various approaches to transporting large
guantities of material from low earth orbit and subse-
quently to geosynchronous orbit. (See Statement of
Work, Appendix A). Pertaining to the SPS system,
gight subsystems were identified in the work state-
ment;

2. Propulsion Systerns (electrical and chemical)
b. Orbital Mechanics

€. Structures

d. Power Systems

e. Environmental (radiation) Effects

f. Operaticnal Suitability

g. Manuiacturing

h. Economics

Ground rules were established to form a “working
base” for the study. These rules were based on the
statement of work and served as guidelines for limiting
the scope of the total project. They were as follow:

a. Use NASA (Johnson Space Center) baseline
configurations for the Saielite Power Station, (Figure
2-1). These two configurationz utilize photovoltaic
solar arrays of 144 square kilometers each.

b. The study team was provided Solar Power
Satellite Data from Johnson Space Center studies (Ref.
2-8). Additional information was obtained from various
NASA contractors.

¢. The study design was to be compatible with
future space transportation systems such as the Space

Shuttle, Heavy Lift Launch Vehicle, and others.
Among the most significant areas of investigation was
how to transport personnel and materials from earth to
low orbit and subsequently to geosynchronous orbit. in
addition, two types of propulsion, electrical and
chemical, were considered for orbital transfer. (Two
teams, operating in parallel, were organized around
the two propulsion alternatives, Appendix E.) The third
major factor in the systems study was where to con-
struct and assemble the sateilite components, at LEO
or GEQ?

Three mission scenarios were identified in the original
work statement; the design team identified a fourth for
consideration. The four mission alternatives were as
foliow:

GChemical Propulsion {Orbital
Transfer)

a. Partial Assembly in LEQ, Module transfer to
GEO

b. Camplete Assembly in GEQ, Depot services
only in LEQ

COLUMN/CABLE
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FIGURE 2-1 NASA(JSC) BASELINE CONFIGURATIONS
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Eleciric Propulsion {QOrbital
Transfer)

¢. Partial Assembly in LEO, Module transfer to
GEO

d. Full Assembly in LEQ, transfer of entire SPS
to GEO
Due to technical and economic reasons, options a and
d were not considered in any depth. Options b and ¢
were chosen (Fig. 2-2) and received primary con-
sideration, one aption per team.

2.4 DEFINITION OF TERMS

Among the Terms used most frequently in this raport
are the following:

ELECTRIC
PROPULSION

ASSEMBLY

MODERATE MANNED INVOLVEMENT
2
GE0 — —g o e — —

SPS--Solar Power Satellite, one of two baseline
configurations with a 144 square kilometer photo-
voltaic solar array, as specified by the NASA Johnson
Space Center Study {(Ref. 2-8).

LEG--Low Earth Orbit, 270 mile aititude.

GEO--Geosynchronous Orbit, 22,300 mile
altitude.

Gigawatts--10° watts.

HMELLY--Heavy Lift Launch Vehicie, under study
for transporting large quantities of materia! from earth
to low earth orbit.

OTV--Orbital Transfer Vehicle, for transferring
payloads from LEO to GEO.

BOTV--Personnel Orbital Transfer Vehicle.

SECS--Solar Energy Collection System.,

A comprehensive listing of terms, acronyms, and no-
menclature is in Appendix F,

CHEMICAL
PROPULSION

CONSTRUCTION

HEAVY MANNED
INVOLYEMENT

{NDEPENDENT
T%'Zi‘;?én PROPULSION OF
MATERIALS

HEAVY MANNED

@ @ INVOLVEMENT

Se  _ MoDULAR

LEQ— —

MINIMAL
MANNED
INVOLVEMENT DEPOT
CONSTRUCTION SERVICES
ONLY

FIGURE 2-2 CONSTRUCTION AND PLACEMENT OPTIONS
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CHAPTER 3
STRUCTURES

3.4 INTRODUCTION as to ensure that the solar ceils are always facing the
) , sun during its orbit around the earth. To achieve this
The SPS unit consists of a solar-array 144 Km® in area, objective, the structure should be quite stiff, essen-
two antennas of 1 Km diameter each and joints to tially rigid.
make the whole unit knit together with all the needed
mobility for relative motion. The structure needed to
support such a systemn should be able to maintain its
integrity under the dynamic and static forces that may
be imposed on it during its constniction, fabrication,
transportation, and during the lifetime of the structure.

In case of electric propulsion, for which the truss struc-
ture is most suitable, and for easy transportation from
LEQ to B3EQ, the structure will have to be fabricated in
parts. Each such segment should not only possess
sufficient stiffness for itself, but should also be rigid
enough to be easy to assemble with other segments in
(GEQ. The structural segments should have nodes or

3.1.4 Genecra!

The largest items of mass are the solar ceii blankets,
According to the preliminary estimate by NASA, they
constitute about fifty percent of the total weight of the
8PS,

The design of the structure depends upon: (1) the
loads that the structure has to withstand, (2) the struc-
tural requirements such as stiffness and stability, (3)
the materials of which it is built, and {4} the optimiza-
tion processes that properly combine all these varia-
bles.

3.1.2 Loads

The primary natural load in geosynchronous orbit is the
gravity gradient torgue. At low aititude, aerocdynamic
drag and gravity gradient are important considerations.
Other loads on the structure are thruster loads, current
loop interaction with the magnetic field of the earih,
microwave recoll fram the antenna, 'oads due to ther-
mal gradient arising from eclipses, and solar pressure.
The emphasis in design, therefore, is on dynamic
characteristics of the structure. The structure should be
able o maintain its shape and dimensions under the
loads to maintain the solar cell blanket in required
alignment always.

3:1.8. Structural Reaguirements

The structure should not only support the solar arrays,
the conductors, the antennae, efc., without yielding
under the thermal stressas in space, but also should be
strong enough to permit rotation about its own axis so
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“hard spots" for praper attachment of thrusters, anten-
nae, etc.

3.1.4 Structural Configuration

The several types of structures propased in the many
preliminary studies by NASA and other agencies can
be grouped into two categeries. in this report the “Col-
umn-Cable” concept and the "Truss"” concept are dis-
cussed as examples under each one of these two
categories.

23.1.5. WMaterial Requirements

The material used for building the structure shoud
have a high elastic moduius to density ratio and should
have been chosen in accardance with the principle of
least wieght for reguired strength. It should have a low
coefficient of thermal expansion, be highly resistant to
radiation, and be readily amenable to space fabrica-
tion. In addition, the material should have Jow volatility
so there will be essentially no out-gassing in space.

The material has to be such as to have minimum or no
degradation in the space environment. The matetial
should be easy to manipulate both with remote control
and with EVA in space.

3.1.6. Optimization

The design of any large engineering systern involves
many aspects of loads, deflections, and other require-
ments so that optimization is inevitable. Some of the
factors that have to be considered are: (1) least weight
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for the required strength versus overali stability, (2)
minimum production difficulties versus component
complexity and automation, (3) minimum service trou-
bles versus capital cost, (4) maximum reliability versus
miniaturization and multiplicity. The best design must
compromise the variables and meet the requirernents
and functions of the stiucture as nearly as possible.

3.2 CHOICES AMONG
STRUGCTURAL POSSIBILITIES

3.2.1 Nonmmetallic Composiie ov
Rietal

The flow chart (Fig. 3-1} indicates some of the choices
faced by the structural designer. Some of these
choices have been carefully considered, some briefly
considered. A lack of necessary test information or
knowledge causes some choices to remain unad-
dressed.

,)\ NON-METALLIC

STRUCTURE

|
|

FIGURE 3-1 CHOICES AMONG STRUCTURAL POSSIBILITIES

Figure 3-1 is to be considered to be bilaterally sym-
metric about the centerling, through the choice of the
nature of the material, whether metaliic or a non-
metallic of compasite, and this choice is one that re-
mains unaddressed. Advantages and disadvantages
of both metals and composites for this application are
known, but the behavior of nonmetallics and com-
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posite matrices in the environmental extremes of
space is not known sufficiently well and many such
materials may even be ungualified for service in
space, Any structural material is subject to degradation
when exposed to a flux of energetic particles such as
would be encountered in the Van Allen radiation belt,
and composite matrices may be more sensitive than
metals. Many plastics, including acrylics, styrenes,
and polyesters are known to be sensitive 1o, and to
degrade, in the presence of ultraviolet radiation, and it
is typical that noncrystalline materials, polymers in-
cluded, change their mechanical ptoperties drastically
with changes in temperature. if there are volatile com-
ponents such as plasticizers in a composite matrix,
they will evaporate into the vacuum of space.

Palliatives exist for many of the problems, for example,
coatings may serve to protect polymers from ultraviolet
radiation. In addition, the relatively low coefficient of
linear thermal expansion of composites (4 to 1.4 x
10-50C-1y as compared wwith aluminums (2 to 2.5 x
10-90¢-1) (Ref, 3-1) is very attractive and may indeed
be a necessity for contro) of the alignment of the
transmitting antennas.

3.2.2 Jointed Elements or
Monocogue

A monocogue or stressed-skin structure is usually con-
sidered for large, extensive structures, especially if
loading is diffuse rather than concentrated. it occurs
that jointed substructures, or trusses made of ele-
ments, can be designed to accept the loads and stil!
contribute a small percentage of the overall mass of
the sateliite. If a monocoque baffled box of the same
extent and mass were to be built, its skin thickness
would be impractically small, on the order of 1073 mm.

3.2.3 Slat or Tube

Structural elements consisting of curved slats have
been considered but passed over in favor of a more
conventional tube structure, In spite of many advan-
tages of such a structure of slats, it is felt that the tube
structure offers more, especiatly in terms of strength
adequate to carry the loads of orbit transfer. This sub-
ject is examined in greater detail within the chapter.
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ELECTRON WELDING,
CYANCACRYLIC, OR
ANAEROSIC ADHESIVE

3.2.4 Pinned or Fixed Joint

Under usua! circumstances, the choice of a pinned
joint or a fixed joint offers a uniyue set of advantages
and disadvantages. The fixed joint structure ideally is
stronger and better able to resist buckling loads due to
the increased fixity at the joints but in actuality may put
elements closer to buckling dugs to eccentricities
resulting from assembly or loading deformations. The
ideal pinned joint, on the other hand, is very difficult to
achieve, especially so in space where only dry lubri-
cants have any effect. It is felt that fixed joints offer
more advantages, both in terms of buckiing strength
and in terms of predictability, than pinned joints.

TCUTTING DIES
PRE-SHAPED ENDS

- THIN WALL TUBING

"+ STRJP STOCK

FIGURE 3+2 FABRICATION OF THIN WALL-TUBING FROM FLAT
STOCK

Note Ends are pre-shaped by die cutting lo ollow
maoting it te odjacent tubes in structure

3.2.5 Lugs or Crimped or Shaped jocus attention on the materials that could be used for

Ends the construction of the basic support frame of the SPS.
- . Later chapters will dea! with materials used for power

Fixing thg ends of the structural ejements provides distribution, solar blankets, soiar concentrators, as well

many chaices--attachment can b? via formed lugs. by as antenna sub-arrays and microwave transmission

crimped ends, or by the ends being cut to shape and systems

mated. Lugs add substantially to the weight of the

structure and prospects for manufacture of lugs to suffi- As with other sections of this report, this section is not

ciently fine tolerance to accept tubes of the order of intended to be a definitive study of the SPS; it is,

0.01 cm wal! thickness snugly are poor. Crimped ends however, the intention of this section io illuminate

combine disadvantages of pinned-joint and fixed-ioint some areas of study that deal with materials,

construction, and ends die-cut to shape seem to offer especially as they pertain to the structure of the SPS.
the best prospecis. Along with this intent, is the desire to support the goal

of this report which is to be an "'Analysis of Alternatives

3.2.6 Adhesives or Fusing for Transporting Material to Geosynchronous Orbit”

. 3-2).

Note that a number of different die-cut end shapes will (Ret. 3-2)

be required, and these may be manufactured in space

from strip siock by use of the proper dies as suggested - “

in the drawing, Fig. 3-2. Mating of adjacent tubes 3.3.1 Material Requirements

wauld, of necessity, be either by adhesive bonding or The materials seected for the construction of the

by welding or brazing. Any are possible, and no at- structure would meet cerain requirements as de-

tempt has been made to distinguish amongst them as manded by the space environment and by the nature

a decision will depend strongly on choice of materizls and size of the satellite. These reguirements are:

and there are many unknown factors, The response of
structural adhesives to the space environment, techni-
ques for weiding and brazing thin-watl members with
acceptable distortion, and many cther matters will re-
quire further study.

High modulus/density ratio

Low coefficient of thermal expansion

Able to withstand UV radiation

Able to withstand nuclear radiation

Have low volatility

Have a low dissipation factor in the microwave
frequency range

3.3 STRUCTURAL MATERIALS

The study of materials that could be used for the con- Good interlaminar bonding strength (com-
struction of the SPS (Solar Power Satellite) involves a posites)
wide range of macrostructures. In this section, we will Ease of fabrication (manufacture in space).
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3.3.2 Current State-of-the-Art

At this early stage in the design process, engineers at
NASA-JSC and MSFC have estirated the mass of the
SPS structure (exciuding the rotary joints and anten-
nas) to be less than 10% of the total mass of the SPS.
This means that the structure has a low density which
will require adequate stiffness characteristics. The
stitfness will be a major parameter in the design of the
SPS due to the fact that the large area of the satellite
makes the structure flexible.

in the various studies that have already been made by
NASA and by contractors, there appears to be a com-
mon recommendation on the possible candidates for
structural materials. This recommendation invoives
composites. NASA-JSC, for example, suggests:
aluminum/boron, epoxy/araphite, and Kevlar 40 fiber,
as well as aluminum alloys, and even stainless steel.
in comparing the characteristics of metals vs. com-
posites we notice there are various differences, two of
which are critical in the design of the SPS: and these
are (1) density and (2) coefficient of thermal expan-
sion. See Table 3-1.

This comparison of two critical parameters may help in
narrowing down the field of candidate materials which
are being studied. First of all, if a heavy material can
be replaced with a lighter one (without penalizing stiff-

ness), then a tremendous savings in launching costs
can be realized. Not enly would the costs to faunch
from earth to LEO be lower, but also the costs of orbit
transfer between LEO and GEQ. Another advantage of
a lighter material is that it helps to minimize the mo-
ment of inertia of the satellite. Secondly, in choosing a
material with a low coefficient of thermal expansion it
is possible to reduce distortions and induced oscilla-
tions caused by thermal stresses. This also helps to
maintain proper alignment of the satellite and its an-
fennas.

Ancther advantage in using a material like
graphite/epoxy or graphite/polyimide for the construc-
tion of the antenna would be that it would aliow up to
8,100 W/m2 maximum waste heat power density.
Aluminum would only allow up to 3,800 Wime<,
Furthermore, the use of a composite (such as
graphite/polyimide) would allow a desirable 5.1 db
taper for the microwave converter Gaussian distribu-
tion (Ref. 3-3). This characteristic is in keeping with

the requirement that the material have a low dissipa-
tion factor in the microwave range. The subject of con-
struction of the antenna reflectors will be addressed in
more defail in Chapter 7. Suffice it to say that
"graphite/epoxy materials and manufacturing techni-
ques have been developed which are suitable for
fabrication of lightweight low distortion antenna reflec-
tors” (Ref. 3-4).

Table 3-1 COMPARISON OF TWO CRITICAL PARAMETERS IN VARIOUS MATERIALS

MATERTAL DENSITY (g/cm®) L oo
——A—;J;_'inum o 2.62 - 2,82 13.7 x 10°8 in/in/°F
Titanium 4,43 - 4,73 7.1 x 10°% in/in/°F
Steel 7.75 - 8,14 8.3 x 107® in/in/°F
Graphite/Epoxy 1.12 - 2.40 gg i: 18:: :2 gaodggr
Boron/Aluminum 1.12 - 2.40 1%;’ X }g:ﬁ 12 g;od;‘;r
13
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Table 3-2 LIST OF SOME RESIN MATRIX COMPOSITES

MATRIX CONSTITUENTS REINFORCING MATERIAL g
1. Epoxies 1. Glass Fibers
2. Polyesters 2. S Glass
3. Silicones 3. E Glass
4, Polyimides 4, A Glass 12. Aluminum 0xide _
5. Polyhenzothiazoles 5. C Glass 13. MAR Steel i
6. Polyquinoxalines 6. D Glass 14, Iron Whiskers ﬁ
7. Pyrrones 7. Boron Fiber 15. Tugsten :
8. Polyhenzimidazoles 8. Graphite f
8. Polysulfones 8. PRD-49 Fiber
10. Polyethersulfones 10. Silicon Carbide
11. Polyarylsulfones 11. Quartz

Table 3-3 LIST OF SOMF METAL MATRIX COMPQSITES

METAL MATRIX COMPOSITES
MATRIX CONSTITUENTS REINFORCING MATERIAL
Aluminum Boron 5105
Titanium Steel Borsic (Boron Silicon
Carbide)
Super Alloys Beryllium SiC (Silicon Carbide)
Nickel S Glass Graphite

14
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Composite materials may be broken down into two
main categories: (1) Resin matrix composites, Table
3-2 and (2) Metal matrix composites, Table 3-3.

108 Figure 3-3 shows strength properties of conven-
tional alloys and advanced fiberreinforced composites
at room temperature. Experiments as well as some ac-
tual practical applications have shown that tem-
perature can have an adverse affect on the specific
strength of varicus materlals, Metals can withstand
higher temperatures than can compasites, as a general
rule. But both types of materiais suffer damage and
weaken considerably at very high temperatures. Some
composites even suffer at room temperature (daily
fluctuations) due to "environmental aging.” One ex-
ample is given in Fig. 3-4 where two particular types of
carbon-reinforced plastics lost considerable strength
over a period of 200 days. [f composites aare going to
be used for any construction in space, especially if
they are going to be used far the construction of the
structure, they must be able to withstand temperature
variations and cycling between -160° o +93°C (-256°
to +200°F). This requirement can be rmet by several
composite materials now on the market. A perfect ex-
ample of a composite material being used for a struc-
ture on a geosynchronous satellite is a graphite epoxy
reflector support truss for the Applications Technology
Satellite (ATS).
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FIGURE 3-3 STRENGTH PROPERTIES OF
CONVENTIONAL ALLOYS AND
FIBER REINFORCED COMPOSITES
AT ROOM TEMPERATURE REF 3-5
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FIBURE 3-4 STRENGTH LC~" OF CARBON - REINFORCED
PLASTICS DUE TO ENVIRONMENTAL AGING
(EXPOSED AT ROOM TEMPERATURE, AMBIENT
RELATIVE HUMIDITY} REF 3-6

Metal Matrix composites have some advantages over
resin matrix composites; for instance, they can be pro-
cessed using conventional metaliurgical operations,
and:

o they are able to conduct electricity

o they can conduci heat

o they have the matrix shear strength

o they have abrasion resistance

o they can be joined

o they have ductility

0 they can be coated easily.
According to a recent NASA Tech Brief (Ref. 3-7)
Marshall Space Flight Center conducted some tests on
aluminum/boron and aluminum/graphite composites
by subjecting them to metal working methods such as
drawing and roiling. It was found that FI/B composite
fabrication was not as fast as that of fabricating
homogeneous metals, however, it was fast enough to
reduce fabrication costs. It was also found that
graphite composites were not readily adaptable to
these metal working techniques. One possible solu-
tion may be to use electron beam heating which is an
expensive method.

Another interesting study conducted at TRW Inc. (Ref.
3-8), see Figs. 3-5 and 3-6, shows where five types of
aluminurn matrix composites were subjected to high
temperatures. In one case isothermal exposure and in
another thermal cycling exposure--hoth to see what
effect they would have on Room Temperature Tensile
Strength. Note that the highest temperature is beyond
the temperature encountered at GEQ.
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HOLD TEMPERATURE [°F) over the past 25 years, however, more research and
development needs to be done especially to improve
long term aging.

100200 300 400 500 €00 700 BOO 90D I0CO
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One of the problems that has always plagued
adhesives (such as polyimide adhesives) is the prob-
lem of degradation due to volatiles produced by out-
gassing. This problem has been reduced, however, by
beginning with a low VCM (Volatile Condensible
Material) adhesive and baking the components that
have been adhered in a thermal vacuum.

—_——
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TENSILE STRENGTH {KS1}
TENSILE STRENGTH (Kg/em™10%)
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HOLD TEMPERATURE (%) Currently several nmanned spacecraft such as mariner
and pioneer {(whose missions are piojected to last from
FIGURE 3-5 EFFECT OF ISOTHERMAL exposureson  Several months to several years) are using epoxy

ROOM TEMPERATURE TENSILE STRENGTH based adhesives in their structures. Other adhesive

OF AL MATRIX COMPOSITESIREF 3-8) systems that have been used in the space program in-
clude nitrile-phenclic adhesives as well as epoxy-
MAXIMUM CYCLING TEMPERATURE () nylon adhesives.

20090200 300 400 500 600 190 E00 300 ia00 ’§ Adhesives that are currenily being considered for
- ]2 & space applications and are being tested in laboratories
2 . 2 include:

G I E PMDA (pyronellitic diahydride)

£ 100 ;i NMP or LARC-3 (N-methylypyrrolidone)

@ e @ BTDA (3, 3!, 4, 41-benzophenone tetracarbox-

w ST .

é sof  ©3024 Al_g F 2 ylic acid diahydride)

i 16061 Al-B . &
| E08IAITBORSIC . , :]. " These polyimide adhesives have shown excellent lap

AsREC w0 200 0 40¢ 500 ' shear strength for short periods of time at temperatures

MAXIUM CYCLING TEMPERATURE (') of 500°F and moderate lap shear strength for ionger

durations. Some of these adhesives have been shown
to bind metals with non-metals; LARC-3, for example,

FIGURE 3-8 INFLUENCE OF THERMAL CYCLING (2000 CYCLES) i i H i i i
5 in binding Titanium and a
ON ROCM TEMPERATURE TENSILE STRENGTH ShOW pI'OITHSG g

OF AL MATRIX COMPOSITES (REF. 3-8} polyimide/graphite composite or a polyimide/glass
composite.
3.3.21 ADHESIVES Further studies on adhesives are needed. Oty

, . systems that may be waorth exploring include the
Adhesives have an advantage over conventional cyanoacrylates and the anaerabic adhesives.

fastners in aerospace vehicles and struciures due o

their low depsity as well as to their chgracteristic re_sig— 3.3.2.2 COATINGS

tance to fatigue and carroston, Adhesives can also join

a large number of dissimilar materiais (structural as The protection of structural materials such as com-
well as non-structural). In order for aadhesives to per- posites and adhesives can be enhanced by the use of
farm well in a space environment they must also ex- coatings. These can be either an inorganic paint

hibit: system or a reflective metal applied by vapor deposi-
good lap shear strength tion.
good peel strength The selection of a coating system to be used in a
long term aging space environment must include careful consideration

These qualities have been improved for adhesives for such characteristics as:
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Resistance to outgassing (low olatile materiat)

Resistance to UV radiation

Resistance to high energy particulate radiation

Little ar no weight loss upon heating

Good overall thermal control (-256°F to
+200°F)

Inorganic Paint System

These coatings consist of refractory or ceramic type
pigment, dispersed in an inorganic vehicle. An exam-
ple of ane of these type coatings is Z-83. Z-83 isa zinc
oxide in potassium silicate. It has been used on the
Apollo Command Service Module where it was ex-
posed to 650°C (1200°F) temperatures created by the
RCS plume impingement.

3.3.3 Projected Develcpment

""Carbon fibers are becoming of greater interest, and
looking further ahead, silicon carbide and perhaps
single crystal alumina (sapphire) may find application
in aluminum mafrix composites of the future,” (p. 141,
Ref. 3-8).

“In the more distant future it is likely that boron will be
replaced by continuous graphite filament as a reinfor-
cement for aluminum. It is predicted that advanced
graphite reinforced aluminum produced from in-
herently low cost raw materials by the continuous cast-
ing process will be developed to achieve a price of
well under $50/Ib.” (p. 201, Ref, 3-8.)

3.4 TRUSS CONFIGURATION

3.4.1 Basis for Selection

The major portion of SPS (Solar Power Satellite) is the
structure to support the solar array. This has to be rigid
enough to maintain its shape under the dynamic
effects of attitude control, transportation, etc. For con-
struction in space, it is advantageous fo have modular
construction. As much of automation as possible in
fabrication is desirable, Repetitive process makes
automation more feasiblie, The transportation from LEQ
to GEOQ will be simpler if the huge structute can be
divided into symmetrical parts of smaller sizes.

The space truss configuration seems to be the struc-
tural configuration which can satisfy the above require-
ments more readily than others. However, the other

type of configuration considered, namely “Column-
Cable," Configuration has an advantage of having con-
siderably less mass than the truss configuration.

3.4.2 Fabrication Site

Earlier investigations by NASA-JSC and others, have
indicated that it is desirable to have most of the
fabrication, if possible, in LEQ and then transport the
fabricated parts of the structure to GEO, with minimum
of assembly done in GEO to place the satellite in
operation. Further considerations (see section on Or-
bital Mechanics) describe some very serious
difficutties of LEO fabrication. The transportation from
LEO to GEOQ will be simpler if the dimensions of the
object to be transported are equal, as a square block,
The truss configuration is easily capable of being
divided into small symmeirical units for transportation
purposes, and at the same time maintaining that the
bulk of the fabrication is to be done in LEO. This has a
definite advantage when electrical propulsion is used
for transportation. The small part of the truss will have
part of its solar array to supply the needed power for
transpaortation.

3:4.3 Dimensions

The base line for truss configuration considered in this
report is the same as proposed by NASA-JSC in their
report--""Initial Technical, Environmental, and Eco-
nomic Evaluation of Space Soler Power Concepts” of
July 15, 1976 (Ref, 3-9).

The most significant dynamic loading frequency is the
12-hour gravity gradient cycle. NASA-JSC has
selected a minimum natural frequency of 2.3 x 1074Hz.
to keep the dynamic response to a minimum and ar-
rived at the conclusion that the depth of the truss
should be of the order of 600 m. The depth of 560 m
and a width of 5200 m in the NASA-JSC report (Ref.
3-9) has been used for computations of this report.
The 5200 m width allows for placing eight solar cell
blankets, 650 m wide with reflecting surfaces side-by-
side providing a concentration factor of two. The solar
cells are placed at half-depth. The reduction in truss
depth along the direction of width of the truss is com-
pensated by the shorter dimension of width to main-
tain the rigidity along that direction.

The length of the truss, however, has been slightly
modified. Medification is based con the assumed size of
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the segments of truss for transportation from LEQ to
GEOQ. As the inertia forces and thruster sizes depend
on the dimension of the segment to be transported, it
is found to be advantageous to have the truss divided
into smaller segments for transportation purposes.
Asymmetrical segments will have minimum problems
for transportation, truss segments 2.6 Km by 2.6 Km
were selected as basic units for transportation. Twen-
ty-two of such segments will give an area of 28.6 Km
by 5.2 Km for the entire truss as against 27.5 Km by 5.2
Km proposed in the report (Ref. 3-9).

3.4.4 Truss Pattern

The selection of the truss pattern has to satisfy the cri-
teria of simplicity, ease with whicii it can be assem-
bled in space, ease with which it can be automated
with remote control, and structural stiffness. It is evi-
dent that innumerable solutions are feasible, all
satisfying these criteria.

The pattern that is selected for discussion in this report
is, with slight modification, one that is proposed in the
NASA report. The modifications are based on the
following assumed guidelines.

a. It is simpler to carry cne type of material into
space, such as rolls of slat-strips, than two types, such
as slat-strips and cables,

b. The entire truss configuration is triangulated.
This completely avoids using cables,

¢. The Longest member in the proposed con-
figuration is smaller than used in the original NASA
study.

d. The slenderness ratios (L/p) of the members
i;1 this proposal are close to the design assumptions of
200, but on the conservative side,

e. When the truss is assembled in 22 parts in
LEQ, for easy transportation to GEO each unit is rigid
and square in shape.

f. The basic element of the truss, namely tube,
is made from a slat of greater width than assumed in
the report (Ref. 3-9).

g. The longest lengths of the tube (with which
the primary truss is assembled), the dimension of the
primary truss (with which the secondary truss is fabri-
cated) and the dimensions of the secondary truss
(with which the main truss is constructed) are different
from the NASA proposai. The modifications make the
structure more rigtd.
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h. The proposed prism truss modules are miuch
simpler to fabricate (and for automation and modular
construction) than the pyramid configuration sug-
gested in the NASA proposal,

i« The increase in the weight of the structure due
to this modification is negligible, Even otherwise this
will be minor as the weight of the structures forms a
very minar fraction of the total weight of the SPS.
Table 3-4 and Figures 3-7 and 3-12 illustrate the com-
parative properties of the NASA-JSC proposal and
other proposals presented in this report.

3.5 A COMPARISON BETWEEN
THIN-WALLED TUBES AND SLATS

3.5.1 Basis of Comparison

The use of curved slats of configuration similar to
Venetian blind slats has been proposcd as the basic
siructural element in certain orbiting sclar powe: sta-
tions. See, for example, SPS Survey Report (Ref. 3-10).
Such an unconventicnal struciural element presents
several advantages, such as compact storage by nest-
ing, ease of fabrication, and the possibility of

BASIC ELEMENT o

PRIMARY TRUSS

ALTERNATES | 3] m v v
THICKNESS cm  QQi27 Qoizr 000635 000835 000635
MAMETER cm 18 16 1.6 16 235

L em 250 400 450 a50 450
L cm 350 S70 640 640 640
Ly /P Bi 100 13 3 77

FIGURE 3-7 BASIC ELEMENT(TUBE} OF THE STRUCTURE




| Table 3-4 'COMPARATIVE SLENDERNESS RATIOS OF ALTERNATE PROPOSALS

= ' Alternate Configurations®
NASA I 11 113 Iy \i
I, . -
EZ Basic Element . Slat Tube Tube Tube Tube Tube
B Width or Circumference cm § 5 5 5 5 5
. Radius of Curvature cm 0,58 0,8 0.8 0.8 0.8 7.38
ﬁ?} Thickness (t) . cm 0.0127 0.0127 0, 00635 0,00635 0,0063%: 0.00635
531 Moment of Inertia (I) cm? 0.0007 0,0204 0,0102 0.07102 0.0102 0,032345
E: Cross Section Aread o2 0, 0635 0.0635 0.037175 0.03175 0,03175 G.047
#ir Radius of gyratijon {p) cm 0.1 0.57 0,57 0.57 0.57 0.047
" Longest Member (L } cm 35,0 35,0 6.6 63.6 63.6 63.6
S Slenderness Ratioz(Lzlp) 321 61 100 113 113 77
‘ Primary Truss . .
] Width of truss (L,) cm 25 25 40 : 45 45 45
1 Cross Sectional Area . omd - 0.381 . 0.381 0,7905 0.1905 4,1905 0.282
Moment of Inertja {I) cm* 24,8 24,9 31.8 40,24 40,24 59,68
Radius. of gyration (p) om 8.086 8.08 12,92 14,53 14,53 14.55
Longest Member (Lk) cm 2,300 2,300 2,545 2,545 2,121 2,121
Slenderness Ratio {Ly/e) 285 284 197 175 146 146
4 5 | secondary Truss
Width of Truss {Lj) cm_ 1,600 1,600 1,200 1,200 1,500 1,500
Cross Sectieonal Area cme 2,286 2.286 1.143 1.143 1,143 1,692
Moment of Inertia (i) cmt* 609,749 609,750 385,953 386,004 267,891 396,920
Radius of gyration.{p) o cm 516,46 516,46 581,12 581.13 484,12 484,32
Longest Member (Lg) cm 91,900 91,900 91,900 41,900 72,700 72,700
. Slenderness Ratio (Lg/p) 178 178 154 158 150 150
| HModular Unit Ayramid Pyramid Pyramid Pyramid Prism Prism
Segment Size - —— - - -—- 2.6Km x 2.6Km
I Number of Segments - - -— -— -— 22
: Truss Length Km 27,5 27.5 27.5 : 27.5 27.5 28.5
| Truss Width Km 5.2 5.2 5.2 5.2 5.2 5.2
§ Truss Depth Km 0.56 0,56 0.56 0.56 0,56 0.56
! .

*NASA-Sate is used,

‘ #1 O-Same as NASA but sTat is nolded into tube,
‘ #2 -~ Same as #1 but thickness of tube is reduced and truss dimensions are changed.
#3 - Same as #2 but dimensions of the primary truss are different.
#4 - Same as #3 but ratio of width to Tength of trusses are maintained at 1/50 approximately.
#5 - Sage as #?ibut diameter of the tube is changed te see that it has same strength both in buckling
and crippling.

[ -




A

unassisted recovery from buckling. On the other hand,
the element is unconventional and bears examination
and comparison with more conventional structural ele-
ments, such as the tube or the box-section, for its
ability to bear loads below the levels of elastic (buck-
ling) instability. This section makes such a com-
parison with a thin-walled tube element.

ALTERNATES 1 1 n v Y]

Ly cm 65000 65000 65G00 685000 65000
L cm U900 91900 91900 T2TC0 727100
L/ 178 158 158 150 150

FIGURE 3-9 SECONDARY TRUSS OF THE STRUCTURE

ALTERNATES | H m v v
L em 1600 1800 1800 1500 1500
em 2300 2585 2545 212l 212t
L /e 24  lov 5 a6 g L =727 M PROPOSED

MODULE (PRISM)

L_=650 M
FIGJRE 3-8§ PRIMARY TRUSS OF THE STRUCTURE y. p 7
<\ -m“‘ \
LS »
. L5 =650 M
L6=9|9 M

3

MODULE PROPOSED O

BY JSC STUDY(PYRAMD) ™" e

FIGURE 3-1) TRUSS SEGMENT FOR TRANSPORTATION
NOTE  ONE 22 SEGMENTS (2 6Km X 2 6Km) FIGURE 3—-10 TRUSS MODULE

OF POOR QUALITY

P70




COMPLETE SATELLITE

CROSS SECTION

AN AN AN AN A VAN AN

INININNININISNININININIS

f—-82650=5200M '

LONGITUDINAL ~ SECTION

L
\
[————————JL—— 44 x 650 = 28600 M

FIGURE 3~12 MAIN TRUSS OF THE STRUCTURE

3.5.2 Seif—Heaiihg Condition for
Slat

Since a major advantage of the slai element is the
matter of unassisted recovery from a buckied condi-
tion, the limit on this action is considered first. The re-
quirements for such recovery are simple; the normal
configuration must be at a lower elastic energy state
than the buckled configuration (which is satisfied by
the curved slat), and there must be no plastic deforma-
tion anywhere in the transition from normal fo buckled
configuration. This latier requirement can .be in-
terpreted quantitatively as providing a limit of the sec-
tion thickness of a curved slat. A simplified analysis of
this problem follows.

it is considered that a curved slat has buckled when
the slat Is flattened (i.e., curvature 0}, that the curved
slat is made of an elastic-plastic material with a dis-
tinct yield stress and yield strain (" ygand E yg). An-
ticlastic curvature {the three-dimensional siress state
of flattening the slat) is ignored, A slat of constant
radius Is assumed, see Figure 3-13.
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FIGURE 313 CURVED SLAT

E « Curvature.
To flaiten a section of slat:

- By Uk
By = GHR) = 5

To avoid plastic deformation:

Evax < oys/E

Combining gives:

(t/R)MAX < 20yc/E (3.5.1)
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The relationship that curvature is equal to the inverse
of radius has been used implicitly. In the case of the
parabolic slat (as proposed), under proper conditions
(shallow parabola) Equation 3.5.1 can be specialized:

2
CURVATURE ~ g-,-(ii

d? o

t/2 GeFlyax < -

for the parabola y = Kx’, this becomes:
kt < OYS/ E

As an example, consider the parabolic section as pro-
posed in the cited report to be made of aluminum for
which E=6.910'°N/M’, & ys =2.8 x 10° NM’ (E =10’
psi.; 2y =4 X 10° psi.)

y =(05cm™ (13in™)) ¥’
The criterion, Equation 1 gives:

(t=.08cm.) ort =.032 in.
The cited design uses (t =.013 cm.) or t =.007 in.

3.5.3 Gross (Euler) Buckling of
Element

The critical question about any extensive lightweight
structure is its elastic stability under gross or local
compressional loads, that is, its buckling stability. If
the structure incorporates a large degree of static in-
determinary, the entire structure must be considered.
On the other hand, a statistically ddeterminate struc-
ture allows the compressional consideration of the in-
dividual elements. For purposes of estimation, a
statically determinate structure is assumed and the in-
dividual element is considered.

Buckling can be by gross deformation as in a slender
column or oy local deformation as in a short piece of
thin-walled tube under compression. Physical exam-
ples of these modes are, say, the buckling of a
yardstick under compression (gross buckling), or the
wrinkling of the wall and subsequent collapse of a
deep-draw aluminum beer can under end compres-
sion (local buckling). If compressional failure of = thin-
walled element is by local buckling, a thickzr wall is
indicated, while if consistently by gross buckling, a
thicker wall is a poor use of materia!s for suppression
of buckling. To compare different structural shapes,

one need compare both local and gross bucklthin-
walled tube. If the local and gross buckling criteria are
combined eliminating the critical force, a relation in-
volving wall thickness is obtained. For various geome-
tries, local and gross buckling critical forces are availa-
ble in tabulations, and these are used where available.
Where necessary information has not been available,
suitable approximations have been made to develop
buckling criteria. Since a statically determinate struc-
ture is assumed, a pinned-pinned element is assumed
for gross buckling calculations.

Critical forces for the gross buckling of a »inned end
slender column (see Figure 3-14) are given by:

FIGURE 3-14 BUCKLING MODES FOR
PINNED-END COLUMN

We are interested only in the first buckling mode (m =
1), thus the critical force is given by:

F= (ll})2 EI

3.5.4 Moment of Inertia of Slat

Young's modulus is denoted by E, and | is the
minimum area moment of inertia of the column cross-
section. For a thin-walled circular tube, the moment of
inertia is given by:

I =R
where R is tube radius and t is wall thickness. Combin-
ing this with the critical force gives:

3
F=(%§-) Et  (3.5.2)

The moment of inertia for a curved slat is much more
complicated, and and approximation is used here. The
slat proposed in the cited reference is a very shallow
(50 mm wide, 3 mm deep) parabola. For many of the
calculations, a circular arc of the same dimensions is
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considered. In this configuration, moment of inertia is (assumed to be loaded symmetrically) is:

given by Roark (Ref. 3-11) as: F =2 (3.5.4)
Csn
I = R3¢t + i . 2 sin“ a, Forexample,a deep-draw single- -draw aluminum beer
(@ + sin e cos o s ) can ((t=5x10"in),1=1.3x 10" om,, E =69 10"

NIM?, (E =107 bs.fin.}), the critical force is about
This is tabitated and plotted as function of & , follow- 2224 N. (500 Ibs.) (Ref. 3-12). It is easily verified that
ing: an empty beer can of this description can support a

person, hut often buckles if the peison aboard
0., RADIANS o, DEGREES K(a) = I/tR3 bounces.

w/12 '15 .0000544 3.5.6 Local Buckling of Slat
x/6 30 .00168 The critical force for the local buckling of a curved slat
is apparently not commaonly tabulated. It was necess-
w/& 45 0122 ary to find an approximation to this quantity. The basis
7/3 60 0478 of the approximation is that local buckling may occur
when stored compressional elastic energy (Eg) is
/2 90 .298 greater than or equai to the energy (E¢) necessary to
21/3 120 1.81 flatten an area (2b% of the siat, see Figure 3-16,
T 180 3.14

ek -
-0 30ed of od  wd’ ad 2o, DEGREES

2
i |
o K/ﬂbﬁl
00t /< <

0001~ /
00001 ¥ : FIGURE 3-18 CURVED SLAT LOCAL BUCKLING
REGION

000085 3T 4T &0 . 80 120  DEGREES B0

O w, v o , 2 T . .
fo % ™ =% % " "roms The stated criterion may be written: buckiing occurs

FIGURE 315 MOMENT OF INERTIA OF CURVED SLAT, when
NOTE LOGARITHMIC SCALE

Following Figure 3-15, the critical buckling force fora But

- i . 2
slender curved-slat column may be approximated by: Ec - %EY' (V is volume) = ) 2 bt[_ .
-k (@) PR OBt (3.5.3) gl =P
L ¢~ 7Ebt
and &
3.5.5 Local Bucklmg of Thin- E. = foedv = 2b2 | ./2csdy
w F ~t/9
alled Tube : deformed volume

Equations 2 and 3 represent the critical force for the
gross buckling of thin-walled tube and curved-siat |
slender columns respectively. Roark indicates that the F

critical force. for focal buckfing of a thir-walled tube E

0

2b25[_t/2e2dy; but e = y/R

. 2E(~)21 favedy = E(B)2es
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Substituting the expressions for Eg and Ef into the R ~ 33cm (R~ 1.3In) Dit ~ 400
buckling criterion gives: _
' t~ Jgmm  {t ~ .007in)

FeL E/b
2ERE ” GR) Lo Lev2.5m (L~ .100in) Up ~ 100
or, local buckiing oceurs when: The gross buckling force is 2224 m (500 Ibs.) and the ‘
5 [ocal buckling force is 4448 m (1000 Ibs). This is a - e
Fy Ebt ( ) 1/2 nicely-designed element.

(3.5.5) To consider the curved slat proposed in the cited
= reference for the truss configuration, its cross-section
3.5.7 Comparisons is approximated by a sector of a circle and the
Note that Equations 3.5.2 and 3.5.4 and Equations parameters «, R, and b are determined. This is as
3.5.3 and 3.5.5 respectively may be combined to give follows, see Figure 3-17: '
a criterion for a wall thickness appropriate to other
dimensions. All the foregoing results are summarized

It only remains now to compare varicus element cross-

sections for load-bearing ability and use of materials,

For purposes of comparlson Young s Modulus E ~— 6.9

% 10" NIM® (E ~ 107 Ibs.fin.%) is assumed. Consider- FIGURE 3-I7 SLAT

ing the thin-walled tube proposed for construction of DEFINITIONS
the column-cable configuration in the SPS Survey Re-

port (Ref. 3-10):

in the following table, Table 3-5, with criteria pertain- 50mm < |
ing to the thin-walled tube in the lefthand colurnn and . 1_!; N |
criteria pertaining to the curved slat in the righthand "‘"‘T— %
column. / |
a R ;

i

:

i

1

Table 3-5  BUCKLING CRITERIA FOR TUBES AND SLATS

TUBE | SLAT | :
, |
I. GROSS BUCKLING |
- .'E.Z
, Forpr = (C)%E .
F= (R F = K(e) L5~ Et
I1. LOCAL BUCKLING
- - Ebt? ¢ Byiso i
F = 2t2E | F =3 R/
II1. MINIMUM WALL THICKNESS
(xR)3 CRITERIA I & IT CONBINED _ _ ,opv 31,1,
t="gz o t = %z CRY/AK(e)
24



sine =25R  cose =R-3R (bt)gyqe = 21T (RL) ¢ pe
R =105mm ~ (4.1 in))
sin & ~ 236 t = (TR)® for tube
a ~ .26 — 14,5° LZ‘
200 ~ 28° The subsequent thin-wall tube dimensions are:
t ~ .18mr (t =.007 in.){per SPS Report) £ =.064 mm (.0025 in.)
K{e) ~ 5x 107 R =23 cm (.92 in.)

_ Once again, nubmers pertaining to the thin-walled
b =2e R ~ 5.33cm (2.1 in) tube are in the lefthand column, numbers pertaining to
{~5x%x10" 1] the slat are in the righthand column:

TUBE : SLAT

Having determined the necessary parameters of the
curved slat, a thin-walled tube of the same wall-thick- Gross Buckling

ness and the same crass sectional area (i.e., the same

amount of material) is postulated for purposes of direct T =278 N. (62.5 [bs.) F =31 N. (7 Ibs)
cpmpat:ison. The radius of this thin-walled tube is Local Buckling
given bhy:

2 Ryt =b Ryt =33 in. F=B56N.(125lbs)  F=8IN (2lbs)

Again, numbers pertaining to ihe thin-walled tube are Mass and Cross-Sectional Area Are Common (Equal).
in the lefthand column and numbers pertaining to the

slat are in the righthand column. Dimensions
2.5m (100 in.) Length 2.5m (100 in.)

2.3cm (.92 in.) Radius 10.6cm (4.1 in.)
084mm {.0025 in.) Wall Thickness .13mm {.007 in.)

TUBE SLAT
Gross Buckling

F =31 N. (7 Ihs) F=3.1N. (.7 Ibs.)
) in spite of the “self-healing” potential of the slat struc-
Local Buckling ture, slats seem to be a poor use of materials when
F ==4448 N. (1000 Ibs.) F =89 N. (2 Ibs.) compared with a more conventional tube stiuciure,

and a thin-walled tube structure is recommended.

One matter, which could be of importance, has not
even been considered at all, this is the matter of tor-
sional rigidity. Torsional rigidity is the thin-walled
tube’s strongest suit, and if considered, would show
the tube to be even more strongly supetior.

The tube appears to be quite superior to the slat in this
comparison. The choice of the same wall thickness in
this comparison was quite arbitrary, and this is clear
from the very high force (4448 N. {1000 Ibs.)) necess-
ary to cause local buckling in the tube. A comparison

more favorable to the tube can be had applying a3‘ 6 DYNAMICS OF TRUSS

slightly modified wall thickness criterion to design of 3§ 1 Basis OF CONSIDERATION

the tube. Again, we shall consider a tube and a slat

made of the same quantity of the same material, of the The structures under consideration are very light, very
same cross-section area and the same length (2.5 m extensive, and will be subject to attifude control
(1000 in.)}, but the radius and wall-thickness of the forces, and reactions from assembly operations. For
tube will be chosen to allow local buckling soon after purposes of the design of control and attitude controf
agross buckling. The relevant questions are: systems it is important to have an idea of the dynamic
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behavior of the structure. The stiucture is considered, waves will be coupled with shear and flexural waves--
laden with its solar cell array but lacking the power none can exist without exciting the others. Results are
fransmilting antennas and associated articulation tabulated in Table 3-6 and Figure 3-18.

hardware, lacking attitude control and arbitat-transfer
engines, fuel, and fuel tanks. The structure itself is
grossly simplified, and the assumption that the struc-
tural materials are distiibuted in a stiff configuration is
made. The results can be considered as approxima-
tions at best, subject to significant change with
changes in lading of the structure.

6 % 24 KM STRUCTURE 2x2 KMSTRUCTURE

T

—COMPRESSIONAL
1~ WAVE TIME
~SHEAR WAVE TIME
—TORSIONAL WAVE

TIME

—~—COMPRESSIONAL WAVE
- TME

10 -

2.6.2 Response Times of —SHEAR WAVE TIME Fhag TURAL WAvE
Structure —TORSIONAL WAVE TIME RANGE OF ENGINE

100-—FLEXTURAL WAVE TIME RESPONSE TIMES
Many soris of disturbances can propagate along the
truss structure--comparison and shear waves, flexural
waves, and torsional waves. The propagation time for 0"
each is approximated and listed below; the methods of
approximation are described last 10,000- _ -
It is weli to note that the disturbance modes are not, in o ciﬁ'iﬁfngﬁ
general, independent. They may be, and often are, teo00- INTERVALS

~ coupled. For example, the fact that the plane of sirue-

tural symmetry paraliel to the plane of the structure
(neutral axis) does not pass {hrough the center of mass
of the structure implies that longitudinal compressive

Table 3-6  RESPONSE TIMES OF STRUCTURE

TIME, SECONDS
{LOGARTTHMIC SCALE}

© FIGURE 3—Ig STRUCTURAL RESPONSE TIMES
AND CONTROL CHARACTERISTIC
TIMES

IN SECONDS

6 x 24 KM STRUCTURE | 2 x 2 KM STRUCTURE

Compressional _ 7.5 0.60
{Longitudinal) Yave . :
Time
Shear (Transverse)
Wave Time ' 12.1 1.0 _
Torsional Wave Time 16.6 1.3
Flexural Wave Time | | '
(Bi-Harmonic Beam)} 40.0 1.0
Flexural Wave Time .
(P]ﬁuc} 49.0 1'0
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3.6.3 PKieans of Estimation

Compressional and shear wave times were inferred
from respective wave speeds and the dimensions of
the structure. Nonstructural weight is included in
calculation of the wave speeds,

Two means were used to estimate flexural mode
response times; first, the truss was considered as a
slender beam in flexure inferring response time from
the group velocity for a haif-wave of the length of the
truss structure; second, the truss was treated as a free
plate. Both estimates involve approximations, the simi-
lar results appear in the table. For reference, group
velocity of a beam in flexure, determined from the dis-
persion relationship, is:

= 4 (EL
Vg = X Ep2

A is wavelength, El is stiffness, A is mass per length,
Vg s group velocity.

The lowest-mode period of a nonsolid “plate’ can be
approximated by:

7 42 ‘/ £(1-v2)
o Eteh

T is period, Lis plate length, £ is average density, v is
Poisson's ratio, E is Young's modulus, tg is equivalent
box-section skin-thickness, h is plate depth, and 2 is
"-a constant (order of 15) dependent upon aspect ratio-
of plate plan (Ref. 3-13).
Torsional Response Time is inferred from the lowest-
mode torsional frequency found by Rayleigh's method
(see, for example, Ref.3-14). Kinstic energy is conven-
tionally evaluated, angle of twist ¢ assumed to vary
linearly along the structure. Shear strain potential
energy is based on the following approximation to
shear strain:

Y“‘%‘I’- t2 4+ w2

v is shear strain, w is width, tis depth, L is Iength. The
following approximation for square of the natural fre-
quency results:

72 G

———s.

(t +.w) [1+ (t)w)zj
“mL

wZ ~
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3.7 TIIRUSTER ATTACHMENTS

3.7:1 Basis of Consideration

Necessary arrangmeents for mounting the engines
which power the orbital transfer maneuver depend on
many matters not yet resolved, such as whether
engine thrust will be directed by mounting engines on
gimbals or by using redundant engines facing in
various directions; whether engines will be individually
mounted or whether they will be mounted in clusters;
whether clusters, if used, will be gimballed or fixed;
what effect engine plumes will have an structure, ete.
Two exiremes are addressed here in a qualitative way,
and in all cases engine-mounting appears {o be at-
fainable even if in some cases additional structure
must be added. The two extremes considered are the
following: direct and fixed mounting of individual
engines; and, gimballed mounting of engdine cluster.

Note that the resources for detailed structural analysis
have not beén available and that only crude approx-
imations 1o true mounting needs have evoived.

Assuming as the basic structural element a circular
thin-wall tube of aluminum, with diameter of about 4.7
cm, length about 2.5 m and wall-thickness about
.0064 cm, a perfect element symmetrically loaded can
bear abaut a 267 N, {80 Ib.) load. Eccentric loading or
dimensional imperfections decrease the load-carrying
ability: increased end-fixity increases the buckling
Joad-carrying ability. Assuming complete end-fixity of
structural elements and the junction of several ele-
menis at each node, it is reasonable fo eonclude thata
structural node can handle a force of the order of 44 N.
(10 Ibs.) in any direction, if appropriately applied, but
that forces of the order of 440 N, {100 [bs.) at any nade
in any direction would cause buckling damage:

3.7.2 Single-Thru's-ter Fixed=-

- Mounting

It is considered, then, that an engine or a fixed clusier
of engines may be mounted fairly casually across three
(or more) structural nodes as long as any forces, thrust
or inertial, resulting from mounting the engine or
cluster are the order of 44 N. (10 1bs.) or less. The only
associated caution is that the mounting hardware be

contrived to feed loads to the structure such as to

cause no significant deformation. Each of the Electric
Propulsion Candidates (Ref. 3-15), except the Resisto-




jet qualify for casual mounting; that is, each may be in-
dividually mounted in a fixed configuration to any three
nodes of the structure, There are independent reasons
for striking the Resistojet from active consideration--
with a low Isp it requires too much stored propellant
mass. Thus, effectively, every engine considered may
be casually mounted if mounted fixed and singly.

3.7-3 Gimballed Manifold
Mounting

" If engines are to be mounted in gimballed clusters

capable of forces of the order of 10 Ibs. or greater,
either thrust or inertial, casual mounting will not be
adequate. As an example, a gimballed cluster of
engines fo yield thrust on the order of 1780 N. (400
Ibs.) is being considered. Such a cluster, with all its
associated hardware, must be limited in (earth) weight

to less than 1 x 10sv3"N, (4 x 10° Ibs.) to keep inertial
forces below 1780 N. (400 Ibs.) (accelerations of up to
038 cm sec™” (10~ G} are assumed).

3.7.4 Extent of Suppiementary
Structure

A supplementary structure must be provided to spread
the force throughout a sufficient volume of the stiuc-
ture; in addition, such a structure must be sufficiently
contrived and compliant so as o spread its load evenly
across the region of the stucture so as not to initiate
local damage. it is estimated, for example, that such a
1800 N. (400 Ibs.) load would need to be spread over
perhaps 40 or more struciural nodes in a region of typi-
cal dimensions about 100 m. Of course, such a supple-
mentary structure with engines would necessarily have
to be removed if a modular assembly is done in geo-
synchronous orbit. The assembly could conceivably be
freated as a reusable tug which shuttles between low-
earth orbit and geosynchronous orbit, ferrying suc-
cessive modules into their assembly region.

3.8 COLUMN-CABLE
CONFIGURATION

3.8.1 The Concept

The column-cable concept represents one extreme in

the design range. it is intended to pro(vide adequate
strength while minimizing structural mass. The con-
firguration is essentially a kite with diamond stays _(F-ig.
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3-19) and a first version has been described in detail
(Ref, 3-186). lts salient feature is the low structural
mass. The main structure and the adjoining microwave
antenna structure together constituie 2.4% of the
satellite mass. And of this small percentage the anten-
na congtitutes about 2/3; so the main structure is less
than 1% of the entirety.

| SCALE: IOkm

_FIG.URE 3-19 COLUMN-CABLE CONFIGURATION

3.8.2 Geosynchronous Orbit
Assembly

in the attempt to bring the column-cable structure
toward the minimum mass, there was a considerable
dilution in the local strength. This frend increased the
difficulty of inter-orbit transport as an integral unit and
in fact the unit is generally associated only with GEO
assembly. Various portions of the configuration will, of
course, be prefabricated on earth or at LEO as de-
scribed in the section below.

The structure has been designad to carry loads from
pretensioning the cables and the blanket aray. It also
has the ability to withstand the dynamic loading in-
duced by antenna movement and long term orbit ad-
justments. However, assembly in LEO would introduce
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-untenable loads from gravity gradient and atmospheric

drag. Commencing the assembly in LEQ could be
done with the acceptance of a penally in mass and
Struciural simplicity. The structure could then be pro-
pelled by the energy from a partially deployed solar ar-
ray, as long as no high acceleration phase were in-
cluded. The mass penalty would come in local
strengthening, and in addition from the extra cabies, to
give the structure integrity when only partially assem-
bled. However, the lack of any local stiffness for
engine attachmenis leaves the configuration highly
suspect for an electrical propulsion orbit transfer.

3.8.3 Low Orbit

Subassembly

The LEO subassembly scheme promotes the fastest
appearance of the structural skeleton in GEG, Further
advantages are that a porlion of the construction per-
sonne! will not have to be transporied beyond LEO,
and that the procedure allows the very economical
high density HLLV payloads. The two structural drivers
involved are compaciness in LEQ and the coupling
between delivery rate to GEO and assembly. Com-
pactness in LEO is necessary to minimize aero-
dynamic drag and to permit the high acceleration rates
sustained with chemical orbit transfer. The coupling
between delivery and assembly rates is crucial since
the former is considered fo limit the latter, this is ap-
parently the main driver for subassembly in LEO (Ref.
3-17).

Assembly of the main structure is only a small fracilion
of the total satellite assembly, probably less even than
the 1% mass fraction. However, structure assembly is
very different from (and hence separable from) assen-
biy of any portion of the safellite. Furthermore, stiue-
ture completion must precede any other assembly
progress. The early stages of the GEO construction will
take place at the LEO staging base, it will consist of
fabriation of structural subassembties.

Earth

Bulk composite material will be listed fo a factory in
LEO which will then manufacture column sections in
1.2 KM legnths. These elements will be hinged
together in groups of three to form a “folded-column,”
- Figs. 3-20 and 3-21. As they are completed the
“folded-columns™ will be delivered o the GEO con-
struction site and immediately added to the structure.
The subassemblies will be propelled from the LEO fac-
tory to the GEO assembly site by chemical COTV's,

These single-staged reusable vehicles will have a 4MT
payload, sized to fly with one *“folded-column." A har-
ness will be used ip distribute the acceleration loads
aver the mass of the ' Talded-column.” Since round trip
transportation time at these acceleration levels is only
1 or 2 days, a very small fieet of these COTV's could
keep ahead of the factory. Only 20 loads of “folded-
columns” are required per satellite and perhaps an ad-
ditional 10 are required for cable joints and fasteners;
30 trips would be required per satellite skeleton.

3.8.4 Structural Hard Spots

The structure employed in the column-cable con-
figuration is particuiarly dilute. It wiil be necessary to
have "'hard spots” for attachment of the acceleration
harness and for handling during assembly. These
“hard spots” will be aluminum fittings spaced af inter-
vals throughout the structure. They will be movable for
special operations and will not be integral with the
structure. Fig. 3-22 shows a clamping scheme with a
self-locking module for attaching cables or for vehicle
docking.

HINGE

MINI COTV

A A T

\VAVAVAVE:

12 K N

1/20th QF SPS
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FIGURE 3-20 FOLDED COLUMN-LEO SUB-ASSEMBLY
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SCALE:

i0m

FIGURE 3-2! AXIAL VIEW: COTV WITH FOLDED BEAM

Aluminum shapes for use in the "hard spots’ will be
obtained from tanks destaged at LEQ and GEQ by the
250 MT OTV's. The implication is that some of the
OTV's would be flown early in the program and that
some of the expended tanks would have been
specially constructed on earth to provide material in
about 5 kg increments after destaging-

3.9 CORCLUSIONS AND
RECOMMENDATIONS

2.9,1 Conclusions

In the final analysis any structure has fo withstand
safely ali the forces it encounters without jeopardizing
the purpose for which it is designed. The design of the
stucture depends upon the loads imposed on the
structure, the structural requirements, the choice of
structura! materials to be used and the optimization of
the design among all the contributing factors. These
factors are; weight, strength, production in space, ser-
viceability, and cost,

As most of the required design data are not readily:

available at present, the design study has been con-
fined to basic concepts only. On that basis, the follow-
ing conclusions can be drawn.

a. As in any structure with very broad
guidelines, in this case also innumerable solutions are
possible.

L. Al this stage in lime, it appears that the
development of the truss configuration requires less
new knowledge.

c. A conventional thin wall tube structure with
rigid joints is recommended. Table 3-4 and Figures
3--7 to 3-12 show some of the alternate truss con-
figurations siudied. '

d. In most aviation strucfures, alternaie designs
are worked ouf and a “Structural Index,” based on the
structural strength an weight of the structure, is used

for comparison. As this is not directly applicable for

large structures in space, a more suitable “'Structural
Index” -based on dimensions, shape, stability, stiff-
ness, strength, and weight should be devised.

e. Efficient use of material dictates tubing
diameter greater than 10 cm and element length
greater than 5 m; this implies fewer stages in the
hierarchy of structural elements.

o FIGURE 3-22 HARD SPOT
mr (STRUGTURAL,
NODE}
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f. Using a2 design slenderness ratio (L/p)
greater than 1580, the use of high-strength alloys or
compaosites is not recommendead.

g. Careful development and testing of any
polymeric matrix candidates, and development and
testing of protective coatings for such materials, under
real or simulated space environmental conditions is
recommended strangly.

h. Development of rigid joining methods far
tubes which do not involve lugs, as well as develop-
ment of means of distributing loads into light structure,
should be given serious attention.

i« At present no material having all the required
properties for building the SPS structure seems to be
available.

i~ The truss configuration seems to follow more
closely esiablished structural design traditions,
whereas the column-cable configuration raises many
unresolved questions regarding rigidity, etc.

k. Nodes or “'hard spots™ have to be provided for
attachment of thrusters, anienna, etc., where portions
of the structure are to be transported from LEO to GEO
in segments, as in the case of the truss configuration.

I. Propellant tanks will be strong and stiff in
comparison with siructure, and may substitute for
structure where they are available.

m. Joints must be fused or brazed or bonded
rigidly even though pin joints are assumed in the truss
analysis. Development of adhesives for bonding joints
is recormmended.

3.9.2 Comments on $Specific
Design

The satellites under consideration are so exiensive
and lightly loaded that a monocodue structure effi-
ciently designed to support the load would have an im-
practically thin wail. A slat structure, while offering
some advantages, wouid be quite heavy for a given
loading when compared with a thin wall tube structure.
Efficient use of material in a tube structure requires
satisfaction of a refationship among tube wall thick-
ness, tube diameter, and tube length. Taking a tubing
wall thickness of 0.125 mm (0.005 in.) as a practical
minimurn and considering the loads on the sfructure, a
tubirig diameter of greater than 10 em (4 in.) and
length of greater than 5 m {about 200 in.) are indi-
cated. Implied is a slendernass ratio (L/p) of about
150. A tube with a length of about 5 m would allow
eliminatin of one step in the hierarchy of truses made

of elements as compared with earlier structural
designs considered by NASA.

With a design stenderness ratio (L/p) of the order of
160, the struciure does not depend on having very
strong materials for stability or rigidity. Since material
strength is not a problem, high-strength alloys or high-
strength composites are not indicated.

Severe effects are associated with the environment of
the satellite. With a mean temperature of about 270°
C abs., the satellite will be exposed to the radiation
temperature of space (about 5° C abs.) and parts of it
exposed to temperatures of the order of 320° C abs.
due to solar concentrator mirrors. Ultra-violet radiation
will be significant. The satellite will be continually ex-
posed fo the vacuum of space and continually bom-
barded by energetic particles of varying mass with
energies in the range from 0.02 eV to 10 MeV. Such
exposure would be destructive to most polymeric
maierials, whether thermosetting or thermo-plastic. If
polymeric-matrix compasite materials are to be con-
sidered for structural use, efforts along the lines of
development or protection are indicated. if compaosite
maierials are necessary in some application, as for ex-
ample, in fuel tanks, matallic-matrix composites
should be considered.

Propellants, whether for chemical propulsion or for
electrical propulsion, will geenerally include one or
two fluids (i.e., oxygen, helium, or hydorgen) which are
gaseous at moderaie pressures of the order of 1-10 at-
mospheres and at 270° C abs. These propellants will
be stored at densities close {o liquid densities; thus,
propellant tanks are likely to be strong (and stiff) pres-
sure {anks. In general, they will be rather dense as
compared with the struciure. The tanks can serve as
mounting surfaces for structural members and can
replace any structure which may otherwise have
penetrated the volume of the tanks.

3.9.3 Recommendations

One of the outgrowths of this study was the realization
of the need for new knowledge in various aspects of
space structural design, Further study and research are
recommended on the following aspects of design and
construction of structures in space:

a. Development of new maierials, such as
metal-matrix compuosites, eetc.
. b« Development of radiation-resistant materials
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such as plastics and plastic composites.

c. Development of suitable adhesives for proper
(long life) bonding in the deep space envirenment.

d. Fusicn welding techniques for thin walled
members to be used in space.

e. Quick joining methods for modular construc-
tion in space.

f. Automated manufacturing and fabrication
methods in space.

g« Development of an appropriate “Structural in-
dex” for large space structures.

h. identification of thruster characteristics for or-
bital transfer of structural segments or subassemblies.
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CHAPTER 4
TRANSPORTATION TO LOW EARTH ORBIT

4.1 INTRODUCTION

A dedicated, optimized fransportation system consist-
ing of personnel iaunch vehicles (PLV) and heavy lift
launch vehicles (HLLY) is required to fransport person-
nel and cargo to a staging base in low earth orbit
(LEQO). The system must provide return capability to
personnel.

The transportation mode to LEQ wiil not depend on the
structural configuration (fruss or column/cable), con-
struction site (LEO or GEO), or the interorbital (LEO-
GEQ) propulsion mode (glectrical or chemical).

4.2 LAUNCH SITE

There is considerable incentive to move the launch
site from Kennedy Space Center (KSC) to an
equatorial location. The main reasons are economics
due to fuel savings. These savings accrue because of
the velocity gain (1500 ft./sec.) at launch due to the
eqguatorial bulge, the due east launch, and because no
plane change is required to obiain geosynchronous ar-
bit after the launch. Giher factors which favor an
equatorial launch are:

more launch windows,

return velocity is reduced, and

reduced wind shear.
Figure 4-1 shows the tota! velocity change, and the
fuel required to change from LEO to GEO assuming a
295 tonnes (650,000 Ibs,}) COTV. The main savings
occur both from the cost of the fuel and the cost of
transporting it to LEO. Assuming a cost of $20/'n. to go
from earth to LEQ this would amount to a transportation
cost of 2.5 million dollars par launch for a COTV weigh-
ing 295 tonnes (650,000 Ibs.), if initial launch was
fram KSC.

This savings would be partially offset by the ground
transportation costs from the manufacturing center to
the taunch site. How these costs would compare to the
transportation costs to KSC cannot be determined until
a faunch site and manufacturing sites are selecied. It
would seem reasonable to suspect that they would be
comparable.

13,300 T T 1 T R
13,700~ -1
FROM LEO TO GEO
ASSUME 650,000 POUND COTV
Q13,500 »
@ / 3
-~ =
[ 2
[F % [»]
13,300 / o
= ®
5 ® Q
= 13,100 x
a b
=
[T
12,200
2,700
12,500 L — ! ! 1 0
o 5 10 15 20 25 30

DEGREES INCLINATION

FIGURE 4-1 FUEL AND TOTAL VELOCITY REQUIRED FOR
CHEMICAL PROPULSION TO GEO VERSUS
INCLINATION ANGLE

We further neglect the cost of constructing a new
launch facility, since this would have io be done at
KSC. The costs of construction elsewhere wouid be
comparable,

The net cost effect of an equatorial launch site, then, is
a considerable savings over a KSC launch at 28.5° Lat,

In considering a launch site other than KSC, i.e., an
equatarial site, areas other than economical and tech-
nical must necessarily came info play. These include
the following:

Political
Transportation
Environrnental
Social
International
A brief discussion of these follows.

Political
An eguatorial launch necessarily means that the site
will nat be in the continental U.S. or any of its territo-
ries. A problem that is sure to arise Is the advisability of
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foregoing the potential dollar savings and keeping the
site in the continental U.S. in order to boister the econ-
omy here.

Transperiatiien

We are considering the movernent of huge pieces of
equipment. This fact dictates that construction be on
the Atlantic or Pacific coast, with subsequent move-
ment by sea-going barges. 1t should not be forgotten
that the Panama Canal is 104 feet wide, and the
dimensions of various components could be of that
order of magnitude. Transportation through the Canal
wauld not be a routine journey. i is also extremely
doubtful that passage through the Straits of Magellan
would be practical because of the weather and the
seas. The conclusion is that construction and launch
would be in the Pacific or the Atlantic areas.

Environment
The effecis will be the same no matter where the
faunch. Furthermare, there is not sufficient data to sur-
mise the long term effect. About all that can be said is
that if a launch is made in the midd!e of the ocean, the
cbvious atmospheric effects would probably be dissi-
pated before reaching areas of dense populations.

Social
if the launch site selected were to be near a populated
area the magnifude of such an undertaking could have
serious disrupting effects on the local society.

international
If a site is considered in the Pacific Ocean, it is soon
discovered that most of the suitable islands are British
Colonies. Hence, the State Department would be re-
quirad to obtain an agreement aliowing use of the is-
land for a launch site.

Several of the advaniages to using a Pacific island
launch site foilow:

a. No suitable islands exist in the Aflantic
Ocean.

b. Noticeable atrmospheric effects will be dissi-
pated before they reach heavily populated areas.

c. Both stages can be dropped in the ocean.

d. The population of the islands are small and
generally situated in one part of the island so that there
would be littie disruption of established communities.

e. Several of the islands have sufficient fand
areas and the necessary ports to accommodate a
launch complex of this magnitude.
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f. There is the possibility of making LO2 and LH2
from seawater on site, using solar collectors for the
energy.

Y. In some cases it might be possible fo store
the LO2 and LH= on different islands.

h. Another possible advantage is that of floating
the HLLV components o the launch pad which would
be submerged until the HLLV is mounted and then
pumped dry. The pad could then be submerged again
for fixing.

Figure 4-2 serves io locate the likely candidates far
launch sites. Hawaii is roughly in the middle of the
Pacific and about 1100 miles north of the equator,
Tarawa is in the Gilbarts. Of the five most likely sites;
Christmas, Fanning, Malden, Naury, and Tarawa, the
most atiractive appear to be Christmas and Tarawa.
Both have sufficient area; both are quite close to the
equator with latitudes 1°51'N and 1°25'N; both have
ports; both have airstrips; Christmas has almost no
population, and Tarawa's population is concentrated
mostly in the south, The main advantage of Christmas
is that it is closer to the continental U.S.

TAREWA o cumsmas

ﬁ
T Nnuau CwaLoEn U‘?
Q V. z//

FIGURE 4-2 EQUATORIAL CANDIDATES FOR LAUNCHING SITES

All this information is summed up in Table 4-1. All of
these are Britisk Colonies except for Nauru which is in-
dependent, and ali are atolls except for Nauru which is
coral.

Figure 4-3 shows Christmas Island which is the largest
atoll in the world and fairly typical of these islands.
They are coral reefs surrounding a lagoon. The lagoen
is on the Northwest end of Christmas and is not com-

pletely enclosed. Small boats can enter the lagoon.

There are two airstrips which were developed by U.S.
forces during WWII, and are now classified as interna-
tional. The Bay of Wrecks is on the east and Vaskess

-




Table 4-1 EQUATORIAL LAUNCH SITE INFORMATION
LONGITUDE LATITUDE AREA (Mi?) POPULATION BELONGS TO
CHRISTMAS 157923} 1°51N 222.6 52 British Colony
94 (Land) 360 Questioned by U,S.
FANNING 159°19'Y 3952'N 12.3 NONE British Colony
500
MALDEN 154°59'W 4°3's 15 NONE British Colony
NAURU 165°56'E p°31's 8 5,200 Independent
| TARAWA 173°E 1°25'N 14 3,582 British Colony

o
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Bay is on the west. It was not possible {o obtain.

topographical maps of Chrisimas island; however, it is
safe to say the elevations are only a few feet above sea
level,

Tarawa aiso is an atoll, but somewhat different from
Christmas isalnd. |t consists of nine large and many
small islets on & 22 mile reef. The lagoon is not
enclosed. it has an airstrip and a submarine hase, both
developed during WW!I by U.S. forces. it has a land'
area of about 14 sq. miles. Elevations are a few feet
above sea leval.

The remaining islands were excludad from additional
consideration due to small size and location.

N
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FIGURE 4-3 CHRISTMAS ISLAND
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4.3 CARGO VEHICLE
4.3.1 Specifications and
Requirements - '

Study of the heawvy lift launch vehicles (HLLY) was
limited to candidates provided In the material avalla-
ble. MSFC is the prime cantractor for studies concern-
ing the heavy lift launch vehicle. HLLV's are used for
transportation of the components of the solar power
satellite (SPS), suppart eguipment, orbital transfer
vehicles (OTV), and their propellants to low earth orbit
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(LEO). Earth to LEO transpartation is independent of
the mode of interarbital transfer in the sense that both
chemical and electrical modes would use the same
HLLV system.

Following are some of the specifications and require-
menis imposed on the heavy lift system.

Some Basic Vehicle Specifications

a. Maximum acceleration on payload, including
shroud is 4 g's.

b. Maximum temperaiure allowed in paylcad
bay: 366°K (200°F).

c. Minimun launch reliability factar: 0.97.

d. Acoustics and structural dynamics on
payload are io be ai least equal to those of space
transportation system (STS) cargo bay.

e. No vehicle-payload service interaction shall
be provided.

f. Allowed launch rate capability marain: 50%
beyond average annual rate requirement, including
operational LEO needs and OTV losses.

g. Orbital maneuvering system (OMS) payload
penalty: 3%.

Mission, Performance, and Size Requirements

a. Mission consists of vertical take off from ade-
quate launch site, eastward orientation, insertion of
payload into 80 x 500 Km elliptic orbit, circuigrization
by orbital maneuvering system (OMS) of net payload
infto 500 Km altitude low earh orbit (LEO), cargo
unloading, and horizontal soft landing or vertica! water
recovery of HLLY stages. Reuse goal is 300-500 trips.

b. Guidance and navigation accuracy shall be
consistent with unloading and recovery operations.
OMS package will provide rendezvous capability. OMS
engines and avionics will be returned and recoverad, if
feasible.

¢. Transportation capability to place up to seven
SPS per year, despite launch window consiraints, is
assumed.

d. Vehicle safe return shall require gither normal

.mission completion or cargo jettison. Intact abort

capabifity shali be provided only for range safety con-
sideration.

e. Payload capacity range: 150-900 metric tons
including shroud; payload density: 40-80 Kg/m®;
payload bay dimensions compatible to largest andr
heaviest irreducible SPS component; payload
diameter; 12-35 m.

f. Dry weight confingency added: 20%; pro-
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pellant tank increase for water impact-reuse factor:
20%.

4.3.2 Candidates

To provide a payload environment (acceleration,
shock, vibration, temperature) similar to that of space
transportation system (STS), but not vehicle-payload
service interaction, and fo achieve mission require-
ments, several candidates are considered.

Vehicles considered are either single stage or twc-
stage winged or ballistic which use liquid hydrocarbon
fuel (propane or kerosene) for the first stage and liquid
hydragen for the second stage. HLLV options are
shown in Figures 4-4 through4-6 (Ref. 4-2).

Modified single-stage-to-orbit (SSTO) features an ex-
pendable hydrogen external tank (ET) and may carry
100-175 tonnes of payload in a modified winged or-
biter cargo bay, or up to 450 tonnes payload in an aero-.
dynamic, protective, reusable shroud. Either compo-
nent can be recovered.

(S be— 99— 1-4:'--' T

PAYLOAD, TONS, 185 X 185 kv, TONS t40(SHROUD) - 45 [CRBITER)
HMCCIFIED QRBITER INERT, TONS 61
TAGE INERT, TOKS 166

STAGE OXI0IZER, TONS 2a52
EXTERANAL TAHK INERAT, TONS &9
EXTERNAL TANK FUEL, TONS 392
GROSS LIFT-OFF WEIGHT, TCNS 3143
NUMBER OF ENGINES (UPRATED SSME'S) 15
TANK STAGING ALTITUDE, km 1
TANK STAGING WELOCITY, hmfsec 782
THRUST/WEIGHT RATID 125

FIGURE 4-4 MODIFIED SINGLE STAGE TO ORBIT
LAUNCH VEHICLE (FIG. Vi-l, REF 4-t)

The two-stage winged vehicle with a 450 metric tons
payload capacity, has operational and cost advantages
of korizontal soft landing near the earth launch site.

The two-stage ballistic candidate, with a payload
range of 450-900 tonnes has an initial cost advantage
because of its Satumn V aerodynamics. Vertical water
recovery is under study.

A brief summary of candidate features appears in Ta-
bie 4-2,
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PAYLOAD TONS, 90 X 500 km 4TT 77
STAGE | INERT, TONS i602 1331
STAGE | PROPELLANT, TONS 7034 a279
STAGE 2 INERT, TONS 368 /32
STAGE 2 PROPELLANT, TONS 1570 1838
GROSS LIFT-QFF WEIGHT, TONS 14,051 13,357
NUMBER QF ENGINES, STAGE | te 22
NUMBER OF ENGINES, STAGE 2 € T,
STAGING ALTITUDE, km 7083 58.4
STAGING VELOCITY, ¥ LATIVE 2.93 2.70
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FIGURE 4-5 TWO STAGE LAUNCH VEHICLE

(FIG. VI-2, REF. 4-1)
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0, /RP-1 BOOSTER 0,/PROPANE BOOSTER
PAYLOAD ,TONS, S0%500 km 454 907 454 907
STAGE | INERT, TONS 470 889 485 860
STAGE | PROPELLANT, TONS 444) 8236 4410 8170
STAGE 2 INERT, TONS 233 400 245 42|
STAGE 2 PROPELLANT, TONS 1937 3599 2065 3832
GROSS LIFT-OFF WEIGHT, TONS 7565 14031 7659 14203
NUMBER OF ENGINES, STAGE | i2 24 12 24
NUMBER OF ENGINES, STAGE 6 12 6 12
STAGING ALTITUDE, km 43.4 43.5 4.3 40.6
STAGING VELOCITY{REL)km/se¢c .84 1.91 1.70 1.78
BOOSTER MAXIMUM DOWN-RANGE 33| 396 346 357

FIGURE 4-6 TWO STAGE BALLISTIC LAUNCH VEHICLE
(FIG. MI-3, REF 4-1)
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Table 4-2 HLLV CANDIDATE- FEATURES

VEHICLE TYPE PAYLORD: | MAIN ADVANTAGE
S INGLE-STAGE WiNeED (ORrBI- 100"175 Hor1zoNTAL SoFT LANDING
TER)
SINGLE-STAGE BALLISTIC
(sHROUD) 450 REusABLE PAYLOAD SHRouD
DousLe-STAGE WINGED 450 HORIZONTAL SOFT LANDINE
DouBLE-STAGE BALLISTIC 450"900 LITTLE BOOSTER REFURB1SH-
, | MENT

-

4.3.3 Payleoad :

Payloads of 300 500 tonnes, with a density range from |
20 to 100 kg!rn are considered. The volume range is , T
3000-45000 m". Body and shroud are assumed to be &
made of aluminum honeycomb (area density = 20
Kaim?). asache

Diameter and area versus volume for various length-to-
diameter {L/D) ratios of cylindrical section appear in ock
Figure 4-7. For a given volume, surface area is |
minimum when length equals diameter (L/ID =1). i

Minimum shroud mass for various payload densities
and payload capacities appear in Flgure 4-8. For a
typical payload densny of 80 Kgim (skylab payioad

density was 85 Kgfm %, the shroud mass varies from T

26.1 tonnes to 54.3 tonnes for a payload range of ”T
300-900 tonnes. This represents 6-9 percent of the ™™,
total payload to LEO (by conirast, the skylab shroud [

[~
£

X7D PAYLOAD SHROUD DIMENSIONS

| S S T 1 1 t P S T |

penalty on the payload was 13 percent}. "

Design, development, testing, and evaluation
(DDT&E) costs and theoretical first unit (TFU) cosis
{s/Kq) for both expendable and reusable shrouds ap-
pear in Figure 4-9, Expected TFU and average unit
costs are derived and shown in Figure 4-10 using 87%
learning curve for expendable and 300-trip reusable
shrouds.

[Ty T 230004000 3 & T # 9IMPOC0 I300C P 230003 A0C000Q008 7

VOLUME, M

FIGURE 4-7 DIAMETER AND AREA VERSUS VOLUME
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FIGURE 4-8 PAYLOAD CAPACITY AND DENSITY VERSUS
SHROUG MASS

A payload of 750 tonnes would require a 48 tonne
shroud to cover all the payload. Based on these esti-
mates an expendable shroud costs $2.5 million,
whereas a reusable shroud is $§14.3 million, or $.05
million per trip, excluding recovery and refurbishment
costs.

41




33

b
X
=
L
s0Q0-
QOTE,| REUSABLE AND
e o EXPENDABLE
30001
2300~
o
1300]
(] od
o
T
N
TFU,|
soai- REUSABLE
300 TRIRS
gm-
E
g DABLE
S EXPEN
a:lzon—
(-8
Elsﬂ"‘
‘o 1'54'115_:!: ;E q'a’ ;u I.B -:u:a;e:m "ao z:x: wa:n Awl_slio: ; :"'IIU
SHROUD MASS, TONNES
FIGURE 4-9 SHROUD cOSTS (4§/ug)
- 1gg - -
99
B0
gv
o,
—ing
= REUSABLE
=0 300 TRIPS
[/p]
()
<f
R
3
Qz0
&
[E-]
=
=
35
\l
EE
87
a P4
- "EXPENDABLE /*
z ’
- i
R
//
k123 // '
21 ,/ NOTE:
l S TFU
- ——_..COST,
e ZuniT
L5} /’
/
"‘ 1 i [ [} i 1 L 1t ] ] 1 1 ] | I T ]
-3 L5 20 286 30 40 50 60 TO 80 F0Icd 150 200 250 300 L 3 & 7T 8 %100

- FIGURE 4-10 TFU AND AVERAGE UNIT COSTS

ORIGINAL PAGE 18
O POOR QUALITY

SHROUD MASS, M.T.

42




Since total payload to LEO includes net payload to
GEQ, orhital transfer vehicles and propellants both
payload penalty and cost decrease by covering only
net payloads (since propellant tanks may not require
shrouds). Figures 4-11 and 4-12 show payload mass
distribution for total and partial shrouds. Net payload to
GEO is about one-third of total payload, including Fe—
shroud and OTV propellant. Unit and trip costs of par- ’ Pm;;onu
tial shrouds are reduced accordingly. %

4%, OTV PRGPELL-
An
T Tans

oTV
REQUIREMENTS

OTV PROPELLANT LO/LH,
56%

ASSUMPTIONS COLUMN/CASLE SPS
OPTIMAL OTV DESIGN
NO OREBITAL PLANE CHANGE
ONLY NET PAYLOAD COVERED

SOLAR ENERGY
COLLECTION SYSTEM
{SECS)

FIGURE 4~-12 PAYLOAD MASS DISTRIBUTIQN
OTV NET {PARTIAL. SHROUD)

PAYLOAD

REQUIREMENTS

4.3.4

Cost Estimates

Propellant, refurbishment, recovery, manpower, vehi-
cles, shrouds, and necessary DDT&E are required ta
estimate launch costs.

OTV FROPELLANT LO,/LH,

53%

DDT&E and TFU costs for vehicle candidates using a
85 percent fearning curve are given in Table 4-3. Simi-
tar information for payload shrouds appears in Table

ASSUMPTIONS: COLUMN CABLE SPS - .
OPTIMAL GTV DESIGN 4-4, Average cost per flight using data from JSC Eco-

NO ORBITAL PLANE CHANGE nomic Division (Debbie Webb) appears in Table 4-5.

ALL PATLOAD IS COVERED Expendable full shrouds for balfistic options may cost

more than the vehicle itself. They represent 8-16% of
FIGURE 4-|| PAYLOAD MASS DISTRIBUTION flight costs which vary from $12.2 million for propane-
(FULL SHROUD} fueled ballistic with a 450 tonne payload capacity to
B : ' $22.6 million for hydrogen fueled winged vehicles with
450 tonne payload capability.
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‘Table 4-3 DDT & E AUD TFU COSTS OvERALL UNTT FLIGHT
FOR TWO-STAGE VEWICLES CosT, CosT, CosT,
$M $M £M
DDT/E 11 510 51,7 0,17
LOx/LHy -
TFU 1016 828.0 2,76
DDT/ 10 730 48,2 0,16
WINGED LOx/RPL E '
TFU 984 802,0 2,67
450 MITI ) ’
DDT/E 10 520 47,2 0,16
LOx/1 ' '
K/LPR TR 911 742,5 2,47
DDT/E 4630 20,8 0,07
LOx/RP1. '
BALLISTIC TFU 510 h15,6 1,39
| ODT/E 4210 18.9 0,06
b50 m,T, LOx/LPR
TFU 454 370,0 1,23
LOx/RP1 DDT/E 5210 46,8 0,16
BALLISTIC TFU 807 677.9 2,26
900 M, T, | 0x/LPR DDT/E 4790 43,0 0,14
| TFU 708_ 594, 7 1,98

R S

P S




=K

Table 4-4 DDT & E AND TFU COSTS

FOR PAYLOAD SHROUDS OVEEQ;L UE(IJ';T FLéE%silf
" $N * M ‘&M
PayLOAD EXPENDABLE DDI/E 128,85 0019 0019
' "L TRy 8.4 | 1,73 1,73
450 M:T.

SHROUD: UsanLE DDT/E 124,83 560 ,0019
34,2 M, T TFU 16,5 9,6 032
PAYLOAD: | EXPENDABLE DD/ 175,76 0043 0043
750 MiT, G 11,6 2,50 2,50
1 SHROUD: | _

REUSABLE DDT/E 175,76 1,30 ,00433
L}Slo MHTI TFU 23'2 14'3 '048
| ~ DDT/E 195,48 ,0058 ,0058
PAYLOAD: EXPENDABLE -
900 M.T. TFU 13.4 2,86 2,86
SHROUD: | DDT/E 195,48 1.75 ,0058
54,5 wT. | FESHLE g 26,0 | 16,4 055
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Table 4-5 PRELIMINARY COST ESTIMATES OF FACTORS RELATED TO

REUSABILITY OF HLLV'S ($M)
WINGED 450 m.t. BALLISTIC 450 BALLISTIC 900
HYDROGEN |KEROSENE | PROPANE IKEROSENE IPROPANE |KEROSENE |PROPANE
Prope] Tants 9,3 3.0 2.9 2,7 2,7 5.0 5.0
Refurbishment 6.5 6.7 6.0 3.5 2.9 5.8 4,7
Recovery — — — 1.5 1.5 | 1.7 1.7
Humanpower 2,1 2.1 2.1 2.1 2.1 2.1 2.1
> : -
> Vehicle 2.8 2.7 2.5 1.4 1.2 | 2.3 2.0
Expendable full 1.7 1.7 1.7 1.7 1.7 2,9 2.9
shroyds
DOT/E | 0,17 0.16 0.16 0.07 0.06 | 0,17 0.15
Total Trip Cost | 22.6 | 16.4 15.4 13.0 | 12.2 |20,0 18.6
Shroud Percent 8.0 10.4 11.0 13,0 13,9 14,5 15.6

NOTE: Recovery {ncludes operations ($1.1M), retroengines and parachutes

($0.,4M for 450 m.t., adn $0,6M for 900 m,t.).




4.3.5 Operations

This section will consider as operational areas all
phases of restoring a heavy lift launch vehicle to
operational status. Data from references 4-1 and 4-2
are used whenever possible. Cost analysis of a number
of areas discussed below is neither detailed nor aceur-
ate at the present. Unfortunaiely, those areas of uncer-
tainty dominate the total HLLV cost picture. Unless
otherwise indicated, the material of this section ap-
plies to the HLLV candidates of section 4.3.2.

One way to understand the nature and extent of opera-
tions required to bring an HLLV unit back on line is to
examine a mission events sequence.

HLLVY Mission Eventis Sequence

a. Earth launch--Stage 1 bum.

b. Retro unitsiparachutes return Stage 1 to sur-
face. Recavery operations, equipment, and personnel
recuired.

¢. Stage 2 burn places payload in elliptical orbit.

d. Retro units/parachutes return Stage 2 to sur-
face. Recovery operations, equipment and personnel
required.

e. Shroud jettisoned.

£, OMS circulatization burn puts payload in LEO
(HLLV primary mission objective achieved).

d. Stages 1 and 2 are returned o maintenance
site. Stages receive maintenance/refurbishment and
functionat verification.

h. Payload assembled and mated with OMS and
shroud.

i« HLLV assembled. This includes siage and
payload mating and interface verification.

j- Prelaunch. This phase includes propellant
loading and preflight testing.
The above list pravides an indication of the complexity
of the operations required to retun an HLLV to opera-
tional status.

The extent of uncertainty in HLLV costing will now be
cansidered. The baseline model for this analysis is the
900 tonnes (992 tons) HLLV. Forecast analyses done
for the space transporiation system section of the
"Qutiock for Space” study NASA SP-386, January
1976, predicted transporiation costs of $44 per
kilogram (520/1b.) to low earth orbit. Projections from
Ref. 4-1 indicated minimum costs of $22 per kilogram
{$10/lb.) to LEQ for a 900 {onnes HLLV, It will be

s Py——y——
—

assumed that 830 tonnes (915 tons) are delivered to
LEQ. This accepts an 8% average penalty for the OMS
and shroud. Figure 4-13 was developed usiag the pre-
ceding data and the information in Section 4.3.4 on
DDT&E, unit cosis, propellant and shroud costs.
Shroud costs were reduced fiom those of Table 4-4
since propellant tanks will meet part of the shroud re-
quirements for both chemical and electrical transpor-
tation systems (OTV's). An expendable shroud was
considered due to uncertain recovery costs for reusa-
ble shrouds.

Recovery and refurbishment costs of the stages are ex-
pected to figure significantly in the unallocated por-
tions (56% and 76%) of Figure 4-13. Accurate in-
vestigation of the economics and risks associated with
recovery and refurhishment are required before the ap-
timal candidate among the horizontal ground landing
candidates (2 stage winged) or the vertical water land-
ing candidates {2 stage ballistic) can be determined.
The Shuttle program will have features in common with
both the above candidates. Since the Shuttle has
reusability as one of its performance requirements, it
should provide significant information for the important
areas of recovery and refurbishment.

VEHICLE ODT & &

EXPENDABLE SHROUD

PROPELLANT
PARTIAL
HLLY MISSION
COSTS
($22/K6 PAYLOAD)
TO LEQ)

{8132 MILLION)

AMOUNT AVAILABLE FOR
RECOVERY, HEFURBISHMENTS
PERSONNEL, ETC

VEHICLE DBT 8 E

PROPELLANT EXPENDABLE SHROUD

PARTIAL
HLLV MISSION
cOSTS
($44/4G PAYLOAD

TO LED)

T6% {$20 5 MILLION)

AMOUNT AVAILABLE FOR
RECOVERY, REFURRBISH-
MENT, PERSONNEL, ETC

FIGURE 4-13 UNCERTAINITY IN COST COMPOSITION OF
AVERAGE HLLV MISSION
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A secaond area of concern is whether the HLLV shouid
have LEC capability or not; that is, whether the second
stage or a third stage (for exampie, stages 1 and 2
ballistic and a 3rd winged stage) should be capable of
obtaining LEC, deploying cargo from a payload bay,
retrieving cargo (for example, expended propeliant
tanks) and returning to sarth. Analysis of this aliema-
tive is dependent upon the mode of interarbital (QTV)
transportation. Electrical propulsion will not require the
services provided by a LEO capability. However, a
chemical propulsion system from LEO to GEO will re-
quire substantial quanitties of propellants which will
be brought to LEQ in expendable tanks. A LEO
capability of the HLLY would allow reuse of these
tanks. This area is considered in Chapter 6.

4.4 PERSOHNNEL VEHICLE

A personnel and high priority cargo launch vehicle
(PLV) will be required to transport all personnel bet-
ween earth and LEO. If current, proposed crew reguire-
menits far the solar power satellites (see section 4.4.3)
are not increased significantly, it is reasonable to
assume that a modified shuttle or a vehicle derived
fram the shuttle would be capabie of meeting the per-
sanne! transpartation demands, The arbiter part of the
PLV would carry a personngl carrier module (PCM) in-
ternally in its payload bay,

The next section states several specifications and re-
guirements for the personne! launch vehicie,

4.4.1 Specifications and
Requirementis

a. A separate shuttie-derived personnel and
high priarity cargo launch vehicle (PLY) is considered
for transportation to the staging base in low earth orbit.
Reuse goal is 100 tripsfvehicle.

b. The launch site shali be the same for both the
PLV and the HLLV. ,

€. Cross-range for once around, abort only and
fuli abort capability inciuding pad abort, shail be pro-
vided.

d. Normal passenger stay time shall be six
hours, including five hours maximum flight time, which
allows for loading and transfer of the PCM for both the
ascent and descent mission.

e. LEO passive docking capability, with 24-hour
emaergency stay time will be provided.
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f. Passenger capacity range: 40-1(0 passen-
gers par trip.

4.4.2 Candidates

A separate personne! launch vehicle (PLV) is required
to transport all personnel and high-priority delivery to
staging LEO.

It would seem preferable to modify the current Shuttle
in order fo increase the payload capacity to 45 onnes
by adding structural mass, and decreasing propetlant
requirements and operating costs by replacing solid
boosters with liguid rocket boosters (LRB} using hy-
dracarbon fuel (kerosene or propane} rather than
design new vehicles for the PLV. The LRB, featuring
water recovery, is 10 m in diametier and uses four F1
engines with series burn operations, This results in
smatiler gross lift-off mass (GLOW) by using smaller,
less expensive external tanks, The PLV configuration is
shown in Figure 4-14.

TRANSPORT TD LEQ SEAIES HURN GLOW 2175 TANS
500 km CEHCULAH oraiT 28 112

&32m——

PARALLEL BURN GLOW 2032 TONS T/¥o 134
56Im—, K
Al T/WalS

¥ P

¥l

Ll
M oo
P, Iy
TUTTL) 4 F-tenenes

BASELINE SHUTTLE EDINDS0S ppowrh SHUTTLE
205 TONS PAYLOAD (ETRI 36 TONS PAYLOAG (ETR)

SISMIFIT SIONFIT
PAYLOAD, TONS 35 (INTERNAL ORBITER}
Pm’LGAD PASSENGERS 4a7080
ORBITER, INS TONS 85
RHAL TANK', !HS ERT, TONS

EXTE 33
EXTERNAL TANK, FROPELLANT,TUNS et
LiQui RDEKE‘I’ BOOSTER, HSERT,TONS (20
LIQUID ROCKET BOUSTER, PROPELLANT,TUNS B25
GROSS LIFT OFF WEIGHT TONS 275
STAGING ALTITUDE {BOOSTER) km 48,54
STAGING VELOCITY , km/fsec 140

FIGURE 4-14 PERSONNEL AND PRIORITY CARGQ LAUNCH
VEHICLE {(PLVHFIG. Y[ REF 4-2}
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4.4.3 Personnel

A 68 passenger orbiter concept has been proposed,
but a range of 40 to 100 passengers per personnel car-
rier module will be assumed. It is also assumed that a
PLV will deploy and retrieve a fully loaded PCM each
trip.

Estimated personnel requirements for the col-
umn/cable SPS are 474 and 574 for the truss con-
figuration. For simpilification, a nominal 525 will be
used. It shou!ld be noted that duty tours are 6 months,
so that transportation will be required for 1050 men per
SPS. Tabie 4-6 gives the number of vehicles and trips
needed for 112 satellites if PCM capacities of 40, 70,
and 100 passengers are specified. A 15 percent con-
tingency factor was added to the number of vehicles
required. The actual number of trips would most likely
exceed the figures given due to variations in the per-
sonnel loading at the SPS site, and the inability of the
PLV to always carry a fully loaded PCM.

4.4.4 Cost Estimates

Table 4-7 provides average costs per mission for two
hydrocarbon fueled personnel launch vehicies, The
passenger capacity is assumed to be in the range of 40
to 100.

4.4.5 Operations

The personnel (and high priority cargo) launch vehicle
(FLV) will transport a personne! carrier module (PCM)
from earth to a low earth orbit staging base. The PCM is
carried internally in the payload bay of the PLVY. Ex-
tended passive docking of the PLV at the LEO staging
base may be required if the construction and support
personnel for the solar power satellite undergo an
orientation period at th= LEQ base. Both electtical and
chemical propulsion options will require the services of
a PLV which is assumed to be a Shuttle derived or
modified vehicle. The modes of personnel deployment
fram LEO . GEQ will be dependent upon whether the
electrical or chemical option is selected. The electrical
option will require the services of a new vehicle, the
personnel orbital transfer vehicle (POTV), which will
dock with the PCM at LEO and provide propulsion for
the PCM mission to the GEO construction or assembly
site. The chemical option assumes that the (cargo) or-
bital transfer vehicle will have the capability to provide
propulsive power for the PCM to GEO. Details con-
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cering the PCM and POTV are provided in Section
6.4, It is assumed that the PLV will be capable of
retrieving a loaded PCM from the LEQC staging base,
that is, it will provide earth to LEC capability for one
personnel compiement and LEO to earth transportation
for another complement,

4.5 SUMMARY AND
CONCLUSIONS

Preliminary analysis indicates that regardless of the
mode of interorbital transfer (chemical or electrical),
an equatoria! launch site presents several well defined
technical advantages over alternative sites such as
Kennedy Space Center. The technical and economic
advantages are judged sufficient to recommend an in-
depth analysis of alternative sites and their implica-
tions for the SPS program.

investigation of the risks and econornics of recovery
and refurbishment of heavy lift launch vehicles is con-
sidered to be an important area for study. 1t may well
have the largest impact on the heavy lift launch vehi-
cle mission cost picture, Particularly of interest is a
comparison between horizontal ground landing candi-
dates (2 stage winged) and vertical water landing can-
didates (2 stage ballistic). The rationale for this study
is that projected space programs of the immediate
future (next quaner century) will almost cetainly
benefit from vehicles with a high reusability factor,
and, in fact, support for fuirre programs can be partially
based upon the fact that economical earth to LEO
transportation is available.

It appears after considering the cost of two expendable
tanks for chemical orbital transfer vehicles (see
Chapter 8) per mission and at least a partial shroud per
HLLY mission, that the possibility exists that an HLLV
with a second or third stage capable of retrieving ex-
pended tanks from LEO could be cost effectiva. It is
recommended that further study into the cost irade-off
problem of expendable tanks and shrouds versus a
second or third stage with LEO capability be con-
ducted.




Table 4-6 TOTAL NUMBER OF PERSONMNEL VEHICLES AND TRIPS

Yo

PASSENGER NUMBER OF TRIPS TOTAL NUMBER OF VEHICLES
CAPACITY (112 SPS's) REQUIRED
40 3024 ' 35
70 1680 20
100 1232 15
Table 4-7 SHUTTLE-DERIVED PERSONNEL LAUNCH 40 - 80 PASSENGERS
VEHICLE MISSION COSTS $M, 4-Engine 3-Engine
Kerosene Propane
Propeliants 0.8 0.6
NOTE: Recavery Refurbishment 2.8 2.8
includes operations Recovery 1.2 1.2
($1.1M), retro-
Humanpower 2.1 2.1
engines and
parachutes External Tanks 2,1 2.1
($0.14) Vehicle 2.9 | 2.8
DDT/E 0.006 0,013
Total trip cost 11,9 - 11.6
REFERENCES
4-1 Initial Technical, Environmental, and Eco- Volume | Summary, NASA, Houston, July 1976.
nomic Evaluation of the Space Solar Power Concepis. 4-2 Ibid. Volume 1§
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CHAPTER 5
ORBITAL TRANSFER BY ELECTRICAL PROPULSION

5.1 INTRODUCTION

One of the largest detractors to sending a large mass
into space is the terrific cost of the delivery system.
The conventional chemical rockets currently used
have only a 20% payload capability. One possible way
to increase the percertage of payload is to use
engines or thrusters with a higher specific impulse. Of
the many possibilities, one which should be strongly
considered is the electrical-powered jet. Electrical
power is used to effect an acceleration of some stored
propellant, thus providing a thrust.

Specific impulses in the order of 20,000 have been
deemed possible and thrusters delivering greater than
10,000 Isp have been demonstrated (Ref. 5-1). The
electrical thruster requires a considerable amount of
electrical energy to develop these high specific im-
pulses and a solar power satellite can provide the
electrical power necessary to operate certain types of
these thrusters.

Solar electric propulsion (SEP) could be brought to
readiness for first use as primary spacecraft propulsion
by 1980. The technology for each of the essential ele-
ments of a total SEP system is presently available.
System level integrations and extensive functional, en-
vironmental, and duration testing remain to be ac-
complished (Ref. 5-2).

5.2 PROPULSION

5.2.1 Points of Concern and
Problems

The electrical thruster study included both descriptive
specifications and societal impact. The following
questions were considered for each candidate
thruster.

5.21.1 AVAILABILITY

Is the thruster available today, and if not, it is projected
to be available at the required time in the future? Is
this projection realistic and based on sound forecast-
ing techniques, or just wishful dreaming?
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5.2.1.2 ENVIRONMENTAL IMPACT

Will a thruster require the use of a propellant that will
harm man's environment? Will it require depletion of a
significant amount of the earth’s resources?

5213 COST

What will a thruster cost? If in the developmental
stage, what will it cost to complete it? How many will
be needed?

5.2.1.4 THRUSTER MOUNTING

How will the thrusters be attached to the satellite and
how will the satellite be modified to accommodate
them?

5.2.1.5 CONTROL AND POWER
CONDITIONING

How will the electrical power and propellant be condi-
tioned and supplied to the thruster and how will they
be controlled?

5.2.2 Thruster Characteristics
and Solutions

The thrusters considered most viable as candidates fcr
orbital transfer have high specific impulse, high effi-
ciency, low power requirements, and a high
thrust/weight ratio. The characteristics of several can-
didate thrusters are given in Table 5-1 (Ref. 5-3)

5221 AVAILABILITY

Thruster availability is a matter of great concern and
must be carefully sizes in the very near future since
only current technology is involved (Ref. 5-3 and 5-4).
Additional development and testing of larger (than cur-
rently available) thrusters would be required. The hy-
drogen and ammonia fueled, electric arc-jet, while re-
quiring more development than the resistojet, alsc
uses only current or near future projected technology
(Refs 5-3 and 5-4).
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53,55 Table 5-1 = POTENTIAL OTV THRUSTTR CHARACTERISTICS

E Resistofet faectric Llectric HPD TON
Prope] lant Lo HH3 LHg ARGON ARGON
Specific Impulse, Sec K 1.5K K 10K 3Mem 1onem
Thrust, N (LBf) 444.8 ~ 4448 22,2 - 222 22,2 - 222 .09 3.76
{100K) {5-50) {5-50) (.02) {.845)
Input Elec. Power, KW 3.4-34 % 10% | .41-4,1 x 103| ,65-6.5 x 10%{ 1,6-16 x 103 3.3 459
Yoltage, Volts (DC) 100-1K{AC/DC) 100 200 300 600 10K
Thrust/Mass (gD x T/W) 1.0 1 x10°2 2 x 10-2 8 x 1073 6 x 1074 2.3 x 10~
Kue/N(1bf) Thrust 7.9 (38) 18 (80) 29,2 (130) 61,7 (300) 39,3 (175) 122 (543)
Overall Efficiency, Pin/Pjet 65 40 50 70 68 88
Thermal Efficiency, 1-% Waste Heat 98 80 90 20
}

-
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Both the MPD and ION (electrostatic) thrusters wili re-
quire more development time than either the resistojet
or the arc-jet, The technology level necessary to pro-
duce these thrusters in the proper size and reliability
has not yet been attained and extensive research and
development will be required to do so. (Ref. 5-5).

5.2.2.2 ENVIRONMENTAL IMPACT

Environmental impact must be considered from
several viewpoints, since there is concern for both
man's protection, the earth's environment, and the en-
vironment of the satellite itself. Choice of the pro-
peliant must also be inciuded in this study since some
of the proposed propellant appears to present greater
hazards (both fo man and the satellite) than others.

As far as man's environment is concerned, the effects
are two-fald. The exhaust plume of all the thruster can-
didates consists of high energy particles. Some of the
propellants, such as cesium and mercury, are poten-
tially dangerous to man and satellite even in a low
energy state and become exiremely so when acceler-
ated to high velocities in a thruster (Ref, 5-8). The pro-
pellants presenting the lowest environmental prob-
lems appear to be argon and hydrogen.

The effects of the exhaust plume on the satellite can
be quite pronounced for ceriain thruster-propellant
combinations, Ceriain propellants create more of a
hazard for the solar cells and ofhers seem to be poten-
tially damaging fo the structure. Preliminary analysis
and investigations indicate a substantial amount of
shielding may be necessary to protect critical portions
of the satellite from the exhaust plume, regardless
which propellant is used (Refs. 5-7 and 5-8). This po-
tential probiem will be further addressed in Section
5.4.6

There appears to be an abundance of both argon and
hydrogen, since they can be manufactured from the at-
mosphere (Ar) or from water (Hz), but manufacturing
capacity must be increased (Ref. 5-9).

5223 COST

The cost of a prototype thruster is somewhat difficult to
ascertain, especially for the *ypes requiring long

development time. This matter is discussed at length’

in Chapter 8 and thruster costs are tabulated there.

——

5.2.2.4 THRUSTER MOUNTING AND
CONTROL

The electrical power supplied to the thruster will have
fo be conditioned (voltage levei, current capability,
stability, etc.) from the raw electrical power available
from the solar cells. Certain of the thrusters need only
one voltage level (Resistojet) and others as many as
fourteen voltage levels (lon).

5.2.2.5 CONTROL AND POWER
CONDITIONING

Controi of the thrusters is somewhat dependent on
{heir location on the satellite. Clustering the thrusters,
tank, and power conditioning equipment may provide
some econamy over a scattered arrangement. Location
of the thrusters must be considered from several view-
points and once chosen, the propellant and power
delivery system shouid then be optimized. This sub-
ject will be addressed in more detail in Sections 5.4.4
and 5.5. Figure 5-1 shows some of the complexities
and interrelationships involved in choosing a
thruster/propellant type.

5.3 ORBI!ITAL MECHANICS

5.3.1 Introduction

The very concept of transporting large structures from
low earth orbit to geosynchronous orbit {LEO to GEO)
implies that the transfer will involve only very low
thrust acceleration. Structures of very large area (many
km?) rule out accelerations in excess of 10 earth g's.

It we are to use part of the power generating capacity
of a solar power satellite to generate thrust in electric
propulsion systems, their number woulid become ex-
cessive if acceleration higher than 107 earth g's were
considered.

Far such a low thrust transfer, different equations and
geometrics apply as compared to the familiar im-
pulsive orbit transfer problems.

This section presents some useful analytic tools that
can be used in the "quick-look" preliminary design
feasibility study, to be followed eventually by more
detailed computer analyses.
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FIGURE 5-1 THRUSTER/PROPELLANT SELECTION

5.3.2 Geometry of the Transfer
Spiral

The geometry of a typical transfer spiral trajectory is
shown in Figure 5-2. It shows that consecutive orbits
are initially close together, while, as the altitude in-
creases, they become spaced farther apart. This can
be shown by two quantitative relationships applicable
to the low thrust transfer.

An expression for the altitude gained in one orbit can
be obtained from energy considerations. Equating the
work done by the thrust force on the spececraft during
one orbit and the resulting increase in its energy as
evidenced by the increase in orbit altitude:

W
=N
T (27r) % —E'TZr Ah,

————
—— e e

or

ah = 4nR, ;’E (R%)a. (5.3-1)

Thus the altitude gained per orbit increases with the
third power of r.

This view is consistent with the expression for the
flight path angle as a function of altitude,

S 2'{, (6.4-11)

derived in Appendix G, equation G.4-11. W is the gra-
vitational force in orbit and thus equation G.4-11 may
be rewritten as:

vr2g ()2 (5.3-2)

FIGURE 5-2 TYPICAL LOW THRUST SPIRAL
TRANSFER GEOMETRY
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To appreciate the range of these variables we have, for
TMW g =107, at LEO:

ah  _
'—O-F.b-Tt—" 8.64 km (4‘-66 n.m.)s

= 0
and near GEO:

Ah

—5rbiE = 1860 km (1004 n.m.),’

YGEO = -4330.

5.3.3 Ideal
Requirement

5.3.3.1 COPLANAR ALTITUDE CHANGE

Since the thrust force works against gravity and in
climbing to higher altitudes the spacecraft in fact
losses speed it is not immediately obvious what the
ideal speed increment (the speed increment which
the spacecraft would achieve in the absence of gra-
vity), AV, 1s.

AV, Propellant

In Section G.4.3 it has been shown, from the basic
equations of motion, that the ideal A V is eqi:al to the
difference between the initial and final local circular
speeds:

AV =Vic g0 - VIcGED |
ar numerically, the total A V for transfer from the initial
circular arbit at h =500 km to an in-plane circular orbit
at geosynchranous altitude is:

AV = 4543 m/sec. (14,903 ft./sec.)

5.3.3.2 PLANE CHANGE

In Section G.3.3 it was shown that the impulsive AV
required for simultaneous circularization and a 28.5°
plane change was 1817 mfsec., a mere 371 m/sec.
(1218 fi./sec.) over that reqmred for an in-plane cir-
cularization. This was possible through the efficient
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dog-leg maneuver shown in Figure G-2.

In the low thrust transfer we arrive at geosynchranous
orbit with near local circufar speed and we do not have
the capability of impulsively changing the direction of
the velocity. Thus the best manner in which to achieve
the plane change is by repeated smail A V's at nodal
passage of the orbit and equatorial

Vicgeo | = 1528 mfsec. (5012 fi./sec.),
where i is the plane change required (in radians).

The geometry is shown in Figure 5-3.
Thus the theoretical minimum A V required for the en-
fire

AV =6071 m/sec. (19,914 ft./sec.)

Additional requirements on the A V budget are dis-
cussed in the section an Design Considerations.

e,
S0 L |NCREMENTAL AV's, THEIR
‘ ; SUM IS (v, 4
+
v"ceu !

FIGURE 5-3 GEOMETRY OF LOW THRUST FLANE CHANGE

5.3.3.3 PROPELLANT REQUIRED

The A V requirement discussed above establishes the
propellent weight required for the mission by the use
of the rocket performance equation:

5.3.4 Time History of Transfer

5.3.41 COPLANAR PART OF TRANSFER

A relationship between the time since the beginning
of thrusting and the altifude, assuming constant thrust
acceleration, is derived in Section G.4.4. Eguation
G.4-10:

- aw% (6.4-10)

can be written in terms of altitude:
t (days) = 90 [1 - LEG] (5.3-5)

for constant T/m =.0001 gg.
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This relationship is plotted in Figure 5-4.

. The total time to GEO is 53.79 days. Extrapolation o

other values of the (constant) T/m is easily done by
realizing that the time is inversely proportional to T/m.
Hence for T/m =.001 gy, the fotal time is 5.38 days; far
Tim =10"° g, it is 538 days.

If the thrust remains constant during the transfer, the
thrust acceleration, T/hn, will increase due to the pro-
peltant consumption. This, of course, depends on the
specific impulse of the propulsion system used. By
way af illustration, an altitude versus time curve is also
shown in Figure 5-4, taking this effect into account for
a system with a 1500 Sec specitic impulse.
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LOW THRUST TRANSFER TIME, DAYS
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FIGURE 5-4 TIME VS ALTITUBE, LOWTHRUST
TRANSFER

5.3.4.2 THE PLANE CHANGE

The plane change maneuver is very time consuming
since the opportunity to apply the corrections occurs
only twice per day at the nodal crossings. It is sug-
gested that the process be speedad up by a thrusting
program which begins 30° ahead of the hodal crossing
and continues until 30° beyond. The scheme.is shown
in Figure 5-5.

The penalty associated with this non-impulsive plane
change has not been evaluated here, but the minimum
time required to change the plane 28.5° at geo-

- synchronous orbit is:

——

. - 3 5 JICGED (i)
plane change T/m

54,1 days

for I.:
S 0007 g

DIRECTION OF
QRBITAL MOTION

FIGURE 5-5 LOW THRUST PROGRAM FOR ORBITAL
PLANE CHANGE

5.3.4.3 OCCULTATION

The effect of oceultation, the temporary stopping of the
thrust when the spacecraft passes through the shadow
of the earth, has not been investigated in detail here.

The primary influence on the transfer pracess is the in-
crease in transfer time by the accumulated time of oc-
cultation. The time of occultation during-any one orbit
is a function of the angie between the earth-sun line
and the normal to the orbital plane, as well as of the
altitude of the spacecraft. It is thus a function of the
time of the year and the orbital inclination.

Analysis has shown that in a warst case, where the sun
is continuously in the orbital plane, the accumulated
fime in darkness is about 18% of the total time. This
"worst case" can easily be avoided.

A continuing detailed analysis is currently underway at
JSC {Ref. 5~10).
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5.3.5 Final Approach to GEO

The details of the final approach to a desired circular
orbit at GEO altitude is shown in Figure 5-6. Thrust
must be terminated at point B prior to arriving at the
desired altitude (point C), otherwise overshoot will oc-
cur.

At thrust cut-off, the local circular speed at a small
flight path angle y g will form the initial conditions to a
coast phase such that the desired aititude is reached
at the apogee of the coast phase ellipse. First approx-

imations to the eccentricity, e, is that it is equal to sir

¥ gand thus the altitude rise, from B to A, isRge or Rg
sin ¥ g.

For the case at hand, this altitude rise is approximately
316 km (170 n.m.), the coast arc near 90°, and the
posigrade A V needed for circularization at apogee is
12 m./sec. (38 ft./sec.).

“~——EXTENSION OF FULL
N\ THRUST SPIRAL
\

APOGEE OF Y
CONSTANT PHASE \_. \
\\C
\ DESIRED
CIRCULAR

'\ORBIT

THRUST
TERMINATION

FULL THRUST

NOTE: SPIRAL

FIGURE NOT IN
CORRECT PROPGRTION

FIGURE 5-6 FINAL APPROA' H PHASE TO DESIRED
ORBIT

5.4. SPACE ENVIRONMENTAL
ASPECTS

The environment has a multitude of effects on man
and his machines and they, in turn, have many effects

[ ——

on the environment. The physical constraints imposed
by the surroundings will greatly affect the entire SPS
project, but it will be particularly affected during transit
between LEO and GEO and during construction and
operation in GEQ where the environment is to a large
extent unknown and subject to fluctuations.

The physical surroundings of the satellites or modules
will consist of both the natural environment, which is
unusual from an earth-bound point of view, and the ad-
ditions fo the environment created by the transfer vehi-
cles themselves. These must be considered in the
choices of materials and methods of construction,
which must be selected to be compatible with extreme
temperature variations superimposed on a vacuum and
UV and cther types of radiation.

The influence of plasma and radiation-belt environ-
ment will also be important in delivery and deploy-
ment: some of the effects, such as the effect of radia-
tion pressure on orbital mechanics and obscuration of
solar ceifs due to micrometeorite "dust,” wili be quite
small; others, such as degradation of solar celis and
time limits on crew exposure, will yield critical irade-
off parameters for system aptimization.

The minor effects of the environment on the design
will not be considered in this limited study, and the im-
pact of the total SPS on the environment will be con-
sidered in a later chapter. '

5.4.1 Aerodynamic Effectsin Low
Earth Orbit

5.4.1.1 AERODYNAMIC ENVIRONMENT

Aerodynamic forces, although small in absolute value,
may have long range effects on the orbital charac-
teristics of objects in low earth orhits. In particular, the
drag, being dissipative in nature, will gradually reduce
the tota! energy and hence the major axis of the orbit.
For initially circular orbits, the net effect is a decrease
in altitude while the speed remains equal to its local
circular value with negligible flight path angle: With
speed and atmospheric density increasing with time
the trajectory will eventually steepen rapidly, resuiting
in reentry.
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Since aerodynamic effects are proportional to the
dynamic pressure, g:

q=1/2¢V?, ameasure of the arcodynamic en-
vironemnt at low-orbital altitudes might appropriately
be the value of dynamic pressure hased on the local air
mass density, ¢ , and the local circulat speed, Vie.

Table 5-2 shows that the dynamic pressure varies by
several orders of magnitude in the range of altitudes
from 300 to 800 km.

. At a given altitude the effect of the drag force on the

motion of the spacecraft is dictated by the drag
deceleration or the drag force per unit mass of the
vehicle. The government spacecraft-dependen
parameter is the so-called drag-weight parameter,*

5.4.1.2 ORBITAL LIFETIME

Analysis shows that the osbital lifetime, T, of a
saiellite placed in circular orbit is inversely propor-
tional to the drag-weight parameter. Thus the product
T Cp AW, is independent of the aerodynamic
characteristics of the vehicle. This praduct, the lifetime
parameter, is plotted in Figure 5-7 as a function of
aititude (after Ref, 5-11). The analysis assumes cons-
tant drag-weight parameter and ignores all other per-
turbing forces such as solar radiation pressure., At
altitudes above 650 km the solar radiation pressure
becomes comparable with the aerodynamic pressure

. (Ref. 5-12),

For an aliitude of 500 km (270 n.m.) the lifetime

DpA/W(,. Here Cp is the non-dimensional drag coeffi- parameter is ssen to be .752 days m%N (35 days
cient, A the frontal area, and W, the (earth-) weightof #.%1b). A completed SPS has a drag-weight
the vehicle, The units of the drag-weight parameter are parameter of .35 m*/IN (16.3 f£.21b.) and thus would
mm (ft.%/lb.). The larger the value fo the drag-weight have a minimum lifetime of 2.2 days, assuming no

parameter the more pronounced is the effect of drag.

*This parameter is the inverse of the Ballistic

Number, which is also frequently used in the literature.

Table 5-2

tumbling motion and a constant atiitude (large surface

forward) relative to the velocity vector.

BYNAMIC PRESSURE BASED O LOCAL ATMOSPHERIC DENSITY AMHD CIRCULAR

SPEED AS A FUNCTION OF ALTITUDE

ALTITUDE h, km (n.m.)

DYNAMIC PRESSURE, q, N/m2 (1b/ft2)

278 (150)
370 (200)
463 (250)
556 (300)
648 (350)
741 (400)
833 (450)

2.20 x 10~3 (4,59 x 10-3)
531 x 10-% (1.1 x 10°5)
1.70 x 107% (3,55 x 1076)
6.85 x 10-5 (1.43 x 106)
3.21 x 1075 (6.71 x 10°7)
1.54 x 1075 (3.21 x 10°7)
7.95 x 1076 (1.66 x 10°7)

*Standard values of the density as a function of altitude were

obtained from Ref. 56-11.
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FIBURE 5-7 LIFETIME IN CIRCULAR ORBIT

5.4.1.3 EFFECT OF DIFFERENTIAL DRAG

For ‘arbital operations in low-earth orbit in which a
number of spacecraft and other objects are involved
which are not tethered or otherwise connected with
one another, the effect of differential drag is likely to
be important. For this application the aititude loss per
orbital period is more meaningful than the lifetime.

For low drag forces the altitude loss per orbit is given
by:

_Ah . c A
orbit 2“( w ! 95(R, + h)2,

where g, and Ry are standard gravitational accelera-
tion on the earth's surface and the radius of the earth
respectively. The altitude loss is thus proportlonal to
the drag-weight pararmeter.

For the reference altitude of 500 km {270 n.m.) the
above expression can be written:
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C-A
AR _ D
orbit =~ 812 {4~ Wy )Enghsh ft.
_Ah
or'b1t - 11,850 (= wo)metmc
To illustrate the

pronognced effect of differential drag, Table 5-3 lists a
selection of typical objects that may be involved in the
assembly of an SPS with the altitude loss per orbit.

5.4.2 Objects in Earth Orbit--The
Potential Collision Probiem

5.4.2.1. INTRODUCTION

Since the beginning of the space age in 1957, the
continuing exploration and exploitation of space has
resulted in a substantially increasing population of ob-
jects in earth orbit, Only a small percentage of these
abjects are useful additions to the earth's exosphere.
Communication, weather, and scientific satellites have
increased man’s knowledge and wisdom about this
part of his environment, and the Skylab experiences
have proved that man can live in space for extended
periods. In the 1980's, the Space Shutile will be the
main vehicle for placing payloads into orbit and if cur-
rent planning is realized, man will live in large space
colonies during the construction and maintenance of
solar power stations (Ref. 5-20). It is imperative,
therefore, that this part of the environment is also kept
safe for future activities.

In the United States, the task of tracking earth-orbiting
objects is performed by the North American Air
Defense Command (NORAD). Orbital information
regarding each obseivable object--perigee radius,
apogee radius, inclination, etc.--is contained in con-
tinuously updated computer files. 1t is thought that cur-

rent files are reasonably, but not totally, complete for-

objects have a radar cross-sectlonal area greater than
ar equal to 01m? (11 itY). In a detailed analysis of the
June 1973 NORAD catalog (Ref. 5-13), of the 2565

_ trackable obiects, 55.8% are the result of explasions in.

orbit, while rocket bodiés and debris from payloads
add another 27.4%. Only 16.4% of the population can
be attributed to payloads, and, of course, most of them
are no longer operational.
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Table 5-3  ALTITUDE LOSS PER ORBIT FOR TYPICAL OBJECTS INM A 500 KM ALTITUDE

MAXIMUM CDA/WD

MAXIMUM* ALTITUDE

19

[ | Piece of Solar Blanket

61000

0BJECT LOSS PER ORBIT
m2/N (ft2/1b) m . (ft)

Compact Spacecraft .0006 (.03) 7.3 (24)
EVA Astronaut .0016 (.08) 20 (65)
Empty Large Tank .0048 (.24} 61 (200)
Compiete SPSS .32 (16) 4054 (13,300)
.48 (24) 6100 (20,000)

Piece of Solar Concentrator = 4.8 (240) (200,000)

[ SSt—

constant maximum CDA/NO.

*Note here again that the assumption is made that the spacecraft is at
a constant attitude relative to the velocity vector resuiting in a




The "total" number of objects in earth orbit is assumed
to be about 21/2 times the trackable population. This
figure is assumed to include all objects of radar cross-
secticnal area greater than orequal to 1 0-°m’. The cur-
rent estimate for 1976 exceeds 10,000 objects. A typi-
cal distribution of orbital debris by semi-major axis
{(Ref. 5-13, 5-14, and 5-15), however, indicates that
the high intensity flux zone oceurs in the annular shell
between 500 and 1500 km (270-810 n.m.). Over 90%
of alt earth orbiting objects pass through this region.

in earlier studies (Ref. 5-15 and 5-16) the stationarity
and independence of the six classical orbital
parameters associated with trackable objects were in-
vestigated. The parameters are as follows:

Semi-major axis {(a)

Right ascension ()

Eccentricity (e)

Inclination (i)

Period (P)

Argument of perigee (w )
From a practica! viewpoint, the correlation coefficients
between any pair of orbital elements, except for ""a”
and "F," can be disregarded. The maximum correla-
tion coefficient occurred between "a" and “e" and
was .34. This means that only 11.5% of the total
variance of “e" could be explained by a linear relation-
ship between "g" and "a.” From the scatter diagrams,
it is clear that knowledge of one parameter provides
very little information in the prediction of ancther
parameter.

The stationarity, with respect to calendar time or in-
creased missile and space activity, of the probability
distributions of the classical orbital parameters was in-
vestigated to support future collision estimates. If the
distributions remain unchanged, then a prediction of
future collision probabilities could be obtained by a
simple adjustment of the present estimate to account
for any changes in the total number of objects. it was
concluded that the distributions remain essentially
uncitanged and that reasonable predictions can be
made for several years in the future.

A major concemn is the future of the earth orbiting
population. Based on histarical records, a linear ex-
trapolation of these data determined from the growth
rate of the last few years can be obtained (Ref, 5-13).
|atest estimates indicate that the trackable population
increases at the rate of 280-300 gbjects per year. If this
rate is maintained, approximately 10,000 trackable ob-
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jects will be present in 1895, but, if the annual growth
rate increases by 10% each year, this figure is reached
by 1985, In light of current discussions of space ex-
ploration and exploitation, it seems unlikely that space
activity will decrease in the foreseeable future.

The following interesting phenomenon, associated
with debris growth, has been observed (Ref. 5-14):
Although the total number of trackable objects from
1966 to 1970 increased from approximately 1000 to
2000, the number of objects intersecting a 500 km
spherical sheli (LEQ) remained constant at about 230,
This suggests that maintaining the current growth rate
coupled with secular orbit perturbations caused by gra-
vitational attraction of the moon and sun, atmospheric
drag, solar radiation pressure, and higher harmonics of
the earth's gravitational potential, will sustain this
dynamical equilibrium zone.,

5.4.2,2 COLLISIONPROBABILITY
MODELING OVERVIEW

Any attempt to estimate the probability of a coltision
between a spacecreraft and the objects in earth orbit
must model the total orbiting population and hence,
must be dependent in some way on the orbital chatac-
teristics of the known population. Characteristic of the
models which follow, the first three wtilize the popula-

- tion spatial data contained within the NORAD catalogs.

The fourih model is a simplified approximation which
uses the average spatial density and weighted
average velocity of the debris to determine the
average flux of objects in a spatial zone.

The following assumptions are common to the first
three models,

a. The target spacecraft orbit is circular.

B. Changes in right ascension of the ascending
node and argument of perigee are due to the first order
secular perturbations caused by the oblateness of the
earth.

c. Objects which pose a collision hazard are
very small compared to target objects,

d. The time during which a collision can accur is
short compared to the orbital period of either object.

e. Orbital decay due to atmosphere drag is
neglected..

f. Target objects are smail compared to the
dimensions of their arbits.
9. The location of an object in its orbit is random

L._;_#. U



for any time after the start of a mission.

Obviously, all of the models incorporate to some
degrae the inherent siochastic nature of this environ-
ment. In 1968, the NORAD specified tracking under-
tainty was 7620 m (25,000 ft.) and currently it is about
1524 m (5000 ft.). For a given instant in time, this dis-
tance represents the radius of a sphere, centered
along the catajoged arbit, in which the object is ac-
tually located.

5.4.2.3 THE PSEUDO COLLISION MODEL

The Pseudo Collision Model was developed fram the
concept of mean time-tfo-collision (Ref. 5-17), that is,
if 75 is the mean time-to-collision and 7 « is the mis-
sion duration time of the target spacecraft, then the
collision probability (Pc) is determined by:

PcE A - /To, Inorder for a collision to oc-
cur between the j1 sateliite and the target spacecraft,
it is first necessary for the perigee and apogee radii of
the jth satellite to bracket the target altitude (see
Figure 5-8). At each path coincidence, the amount of
time the ji satellite spends within a distance A L of
the target altitude is determined fraom the true anomaly
increment A V;, Then the total count of passes during
the duration of the missian is obtatned after correcting
for the so-called “beat frequency” between each
satellite and the target spacecraft. This adjustment
pravides an uncorrelated count for the total duration of
the mission. Finally, the jth satellite collision pro-
bability is formed from the product of the uncorrelated
count and the probability that the target spacecraft is
at the poirts of orbital intersectiors. The averall colli-
sion prabability for the mission is then obtained by
summing the individual fluxes (impactslkmz-yr) and
converting this sum to a probability through the
Poisson distribution as follows: p —§F1.

-PERIGEE OF ;'h
.y SATELLITE

PLANE OF YARGET
SATELLITE

- REGION QF
h COINCIDENCE

L)
INTERSECTION
LINE

AL*SUM OF TARGET AND
SATELLITE LENGTHS

+ PLANE QF *h
SATELLITE

FIGURE 5-8 PSEUDO COLLISION MODEL GEOMETRY

The basic formulation of this modei lends itself to a
particularly simple (proportional scaling) method for
updating collision probabilities due to changes in the
number of satellites, mission duration, or cross-sec-
tional area of the target spacecraft,

Table 5-4 represents the impact rate as a function of
altitude and inclination for a representative SPS
satellite. To interpret this table, choose an altitude and
an inclination, say 500 km and 30 degrees, respec-
tively. Then this mode! says that an 8PS at this location
would experience about 47 impacts per year on the
average. Based on the previous discussian concerning
the distribution of orbital debris by size, one could infer
that approximately 19 collisions weuld be caused by
objects having a cross-sectional area exceeding
10"*m?’ and the remainder would be caused by smalier
objects. Although these data represent the impact
rates on a randomly oriented surface, this model is
generally regarded as a pessimistic approximation of
potential collisions.

5.4.2.4 THE LANGLEY COLLISION MODEL

The basic geometry of this model is very similar in
structure to the geometry of the previous method (Ref.
5-13). There are, however, several additional assump-
tions which influence the final resuits. These assump-
tions are as follow:

a. Target objects are spheres.

b. Orbital traces in the vicinity of an intersection
are straight lines.

©. The orbital velocity of an object in the vicinity
of an intersection is constant,
Based on a spherical target, as the trace of one orbit
moves across the other, the size of the “effective”
target available to a piece of debris is not a circle of
constant radius but rather a circular target whose
radius can vary. This allows one to more sensitively
model the changing relative collision zane with time.

The assumption involving linearization in the vicinity of
a collision can be very good or very bad. in particular,
the final form used for determining the prchability of
collision can attain a value greater than 1. It was ob-
served, however, that the number of instances for
which linearity could not be assumed was smail com-
pared with the total number of candidates, and hence,
they would grobably have a negligible effect on an ex-
tended series of probability calculations.
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Table 5-4  PSEUDO COLLISIOM MODEL

ALTITUDE INCLINATIONS DEG.
n.m. Km 10 30 50 70 80
100 185 2 2 2 2 3
200 370 16 20 20 19 30
270 500 39 &7 46 b2 67
300 556 49 58 57 67 83
| 440 41 56 69 71 82 94
500 926 60 73 78 81 105
600 1111 33 37 39 42 54

Impact Ratz for T-year with an SPS reference area of 144 Km® (56 MiZ) based

on the 1970 NORAD Catalog.

Table 5-5 reflects the results of the Langley Mode!.
The terms nominal and worst represent inclinations of
30-50 degrees and 110 degrees, tespactively. As
before, we may use proportional scaling to adjust
these predictions for variations in satellite density,
farget area, or mission duration.

5425 THE APPROXIMATE COLLISION
MODEL

In reality, in order to use the NORAD catalog io obtain
collision probability estimates, it is necessary to make
certain assumptions concerning the uncertainties in
the data. In this model, the uncertainties associated
with the coordinates of the miss distances -between
the debris and the target spacecraft are Gaussian with
the following properties: () zero biases, (b} equal
variances, and {c) uncortelated in the three dimen-
sions (Ref. 5-18).

To formulate this model, cansider the vector of closest
approach between the jth satellite and the target
spacecraft, say R (see Fig. 5-9). Also, consider the
relative velocity vector of the ]th satellite with respect
to the target to be normal to plane containing &;.
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NOTE: VELOCITY VECTOR OF SATELLITE IS

NORMAL TO THE X-Y PLANE

FIGURE $-92 APPROXIMATE COLLISION MODEL

GEOMETRY
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Table 5-5 LANGLEY COLLISIOW MODEL
ALTITUBE
TIME TRACKABLE ESTIMATED
PERIOD 0BJECTS TOTAL 500 n.m. 500 n.m. 800 n.m. 800 n.m.
nominal worst nominal worst
Track | Tot | iTrack | tot [ Track | Tot Track [ Tot
Estimate,
mid-1974 3570 9050 25 | 63 51 | 130 65 | 164 183 | 464
144 ¥mZ (56 Mi%).

Impact rate for I-year with an SPS reference area of
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If one had perfect tracking accuracy, then this relative
velocity vector would be normal to the plane at (0,0).
However, due fo tracking errors, the locational uncer-
tainty of the j"h satellite with respect o the target
spacecraft is assumed to be fri-variale spherically nor-
mally distributed. The resultant projection of the uncer-
tainty in any arbitrary plane (g.g., the plane which con-
tains Ri) is, therefore, bi-variate circularly normally
(Rayieigh) distributed.

if we assume that A x =A y = A R =the approximate

length of the target spacecraft plus the other sateliite
and that o ° =0 °y =& * = the NORAD tracking un-
certainty in the components of the close approach
vector, then the j"h collision probability is given by:

xJ.+Ax
Pe. = Zpgz J exp (-x2/202)
J X
J
xj-!-Ay
dx fexp (-y2/2¢2) dy
X
J

o+ A+
eJ AG RJ AR

= El_cz fdo  [r exp (=r2/2¢2} dr,
Oj Rj

which integrates immediately to:
= A0 R .2/9,2
ch oy [exp ( Rj /202)

- exp (—(RJ. + AR)Z/202)].

Table 5-6 shows the sensitivity of this mode! to varia-
tions in uncertainty. As one can see, increased frack-
ing accuracy significantly reduces the expected im-
pact rate and consequently, this moded, although it is
an attractive combination of the deterministic and
stochastic nature of the debris environment, is ques-
tionable.

5.4.2.6 THE FLUX MODEL

We mentioned previcusly that currently (1973) over
90% of all space debris intersects the spherical an-
nulus between 500 and 1500 km. A simple estimate of
the impact rate of these particles on a random ele-
ment, say 1 kmz, of the surface area of a sphere can be
made (see Fig. 5-10). The flux, measured in impacts
per km” - year is given by:

F =1/4 DV
where D is the spatial density of the debris and V is the
weighted average particle velocity (Ref. 5-19). If we
assumne a linear growih of 250 pieces of debris per
year between 500 and 1500 km, then the spatial den-
sity would increase by about a factor of 8 by 2035 as
shown in Tabie 5-7.

Table 5-8 represents the average number of impacts
an SPS satellite would encounter in this spherical an-
nulus for a period of one year.

Due to the distribution or orbital debris, one expects
about one-half the number of impacts at 500 km and
about twice this number at 1000 km where all of the
models predict the worst collision environemnt (Ref.
5-20). In order to use the flux model to make accurate
collision estimates at a given altitude, say 500 km, one
musi first determine the flux of objects in near circular
orbit at 500 km, second, determine the flux of objects
intersection a 500 km shell, and then add the fluxes.
For quick estimates, the flux model is atiractive and it
typically differs only by a factor of two from the more
involved simulation modes.

5.4.27 COMPARISON OF THE MODELS

A comparison between the four previously discussed
models is presented in Figure 5-11. In order for such a
comiparison to be made, all collision probabilities were
adjusted to repres :nt the number of impacts per Kkm?
of a randomly orier tz4 surface area for a petiad of one
year. Howeve: ~ake of consistency within this
report, these . ... ..« represented in terms of the max-
imum exposed cross-sectionat area.

Two assumptions were made to determine Figure
5-11. They are:

a. The flux of particles at 500 km (LEO) will re-
main in equilibrium until the year 2035.
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TABLE 5-b APPROXIMATE COLLISION MODEL

UNCERTAINTY (o) IMPACT RATE

(FEET) (IMPACTS/KMZ-YR)
5000 1

10000 10

15000 11

20000 | 18

25000 27

30000 34

50000 40

100000 28

Variation in Impact Rate with Uncertainty for an SPS at 1111 Km
(600 n.m.) miles with a 30% inclination for one year.

Table 5-7  INCREASE IN SPATIAL DEWSITY B8Y NUMBER OF
OBJECTS FOR A FIXED VOLUME ELEMENT

YEAR NUMBER OF TRACKABLE SPATIAL DENSITY
OBJECTS (x 10-9/Km3)

1973 2100 3.1

1995 7600 1.1

2015 12600 18.4

2035 17600 25,7
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Table 5-8  FUTURE PRERICTIONS OF SPS IMPACT RATE USING
THE FLEX MODEL

YEAR IMPACTS BY TRACKABLE TOTAL NUMBER OF
DEBRIS IMPACTS

1973 46 117

1995 165 418

2015 274 695

2035 383 971

Future Predictions of Impact Rate Between 500 and 1500 Km
for 1 year with an SPS reference area of 144 Km2.

1500 KM ORBIT
WEIGHED AVERAGE
PARTICLE VELOCITY
V=6.6 KM/SEC

8= . —
- Q_—'__
FLux = 2V |
a DE&RIS SPATIAL DENSITY
FLUX = IMPACTS /KM2-YR D=3.1x10"7KM3 (1973)

/ 500 KM CORBIT

FIGURE 5-10 GEOMETRY OF THE FLUX MODEL
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b. The growth in the number of particles bet-
ween 500 and 1500 km is heid constant at 250 per
year,

Both assumptions are considered to be very conserva-
tive in light of anticipated future space activities asso-
ciated with SPS construction and maintenance,
however, each has its foundation in the histarical data.

This comparative analysis reflects the impact rate on
the SPS truss configuration during pariial construction
in LEO and subsequent transportation by electric
thrusters to GEO. Each of the five viable engine candi-
dates requires a portion of the total SPS power cutput
for its operation. Therefore, assuming an SPS construc-
tion rate of one per year, the impact rate during build-
up in LEO can be approximated. Finally, assuming a
trip time of 54 days from LEO to GEQ, a partially com-
pleted SPS will spend about 4 days traveling from 500
to 1500 km where ihe impact rate is expecied to in-
crease by about a factor of 8 by 2035.

TRIP TIME. 84 DAYS(T/wa (04
ge!ICLINATION 30%, COUSTRUETION RATE. 1 SPS PER YEAR

PSEUDD MUDEL

1 ! | '
- ! | @
se | : i gl TOTAL DEBR:S
45 )
g: a o gl
w O3 509 2
g . APPROXIMATE
th 35 B % oW I}uum_zv a%D
@ & 2 gl ] Frux wmoBeLs
w 30 '=‘ 41 H I
o
PSELDD
5 23 ' 1 MODEL
< i |
g 20- I TRACKARLE BEBRIS
T 15+ ! } arbyeximare
had ! LANGLEY AND
5 lor | FLux NODELS
2
i k 1 i !
i i Il i 1 143

] 20 40 60 ao 100 120 140
AREA km*

FIGURE 511 CCMPARISON OF 4 COLLISION MODELS

If, due to econamic, engineering, or other constraints,
LHz, the Arciet engine is chosen as the thruster, then a
conservative estimate of the number-of impacts on a
single SPS satellite before it reaches GEO is between
12 and 24 by the turn of the century. A further, and
possibly more realistic, estimate is obtained if we
allow the number of objects intersecting a LEQ orbit to
increase by ten per year. Then the estimate becomes

' 25 to 50 impacts by the year 2000. With the projected

intense taunch activity of HLLV's supporting the SPS
program, extreme care must be maintained to prevent
a degradation in an environment which already pre-
sents serious collision problems.

5.4.2.8 CONCLUSIONS
RECOMMENDATIONS

If unrestrained launch activity continues, it is inevitable
that even the life spar. of small objects will be signifi-
cantly decreased. If man is to continue 1o use space to
his advantage, this atiitude is clearly unacceptable.
The gathering of the latest data on orbiting satellites
and debris together with improved modeting techni-
ques should continue in order to illuminate the chang-
ing nature of this environment with time. In particular, a
detailed collision analysis should be performed for
long duration GEQ orbits to determine the expecied
impact rate on operational SPS satellites. A deeper un-
derstanding of the problem might suggest ways in
which practical solutions might be achieved.

AND

Possible general recommendations which could be
made have been articulated in a recent manuscript
(Ref. 5-20). The following suggestions are listed in
order of increasing severity of the problem:

a. Continue to do nothing.

b. Perform ground tests to simula= hyper-
velocity impacts on complex structures.

©. Design and fly a Shuttle payload to monitor
the buildup of objects in earth orbit.

d. Design a collision avoidance system for
spacecraft.

e. Impose restraints on payloads to minimize
the amount of debris in space.

f. Institute a program to return objects from
space which no longer serve a usefu! function.

A specific recommendation can be made with regard
to the SPS truss configuration associated with LEO
construction. I, in lieu of one large truss, N smaller
madules are constructed in LEQ, indepandently

{ransported to GEQ, and joined together to farm a com-

plete solar satellite, the total number of impacts for a
complete SPS can be significantly reduced. For a
linear construction rate, the area as a function of time
is given by:

Ag) =& T

=

s 0<stseT,

where A represenis the randomly oriented surface
areg, T is the time to compietion, and t is the elapsed
time.
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Therefore, if F represents the flux (impacts per
KmZyr.) in LEO, then the number of impacts on the

trus (ITpygg) in LEO is given by:

ff N smaller modules are constructed, each requiring
T/N years to complete, then the number of impacts on
the total collection of N modules (Igg) is given by:

T/N L.
_ NFA . _ _Truss
IMod = gtdt == .

Consequently, a 1/N reduction in expected impacts is
gained in LEO if the modular approach is adopted. Of
course, the number of coliisions during transpartation

to GEQ for either scenario is unchanged if the total

area remains constant.

Assuming the same conditions used in the example of
Section 5.4.2.7 and assuming 25 modules are con-
structed, by the turn of the ceniury, the number of im-
pacts for the realistic case becomes 1 to 2 collisions.
This is a significant reduction in the total number of
collisions, but further research is needed to evaluate
the added problems in GEO associated with the
necessary aggregation of the modules to complete the
sateliite.

5.4.3 Radiation

Geomagnetically Trapped Radia-

ticn
The geomagnetic field consists of lines of force which
within the trapping region are closed, well confined,
and relatively stable and which are capable of trapping
charged particles (Ref. §5-21), The particles trapped in
the region are primarily protons (H+') and electrons
(e), with less than 1% deuterons (H:°) and tritons
(+*). The region is commonly known as the Van Allen
belt.

The coordinate system used for plotting the trapped
radiation 1s based on the invariance of physical proper-
ties. Far our purposes, and for geosynchronous orbit
with a small inclination, it will be sufficient fo define
the dimension L; this is the coordinate of the magnetic
shall on which a particle stays as it drifts around the
earth in longitude. For a perfect magnetic dipole it has
the magnitude of the equatorial listance of the line of
force in units of earth radii (Rg). In the figure below
(Fig. 5-12), L is used o show the distance to the
center of an arbitrary region of constant radiation flux.

1
i
N
Si

FIGURE 5-t2 .
REGION OF CONSTANT RADIATION FLUX

ISUFLU} LINES

e

Radiation is probably the most parvasive and the least Synchronous equatorial orbits will lie on the magnetic

understood part of the environment to be encountered shell given by L = 6.6 Rg. However, the parameterL is

by the SPS itself and by the large construction crew based on measurements made at the earth’s surface,
necessary during the traneportation and assembly of and the magnetic field calculations are in error at this
the SPS. Before such a design can be contemplated it altitude due fo the effect of the solar wind which in-
will be necessary to know in detail the flux levels of the teracts with the earth’s magnetic field to create the
many kinds of radiation, their energy spectra and their magnetosphere (Ref. 5-22). The coordinate system
time variations. used in trapped radiation therefore breaks down at
geosynchronous altitude.

5.4.3.1 TYPES OF RADIATION IN SPACE Pro%ons. !i is fairly well established that the
One possible method of Classifying radiation in space total radiation as a function of distance from earth has
is by its origin and place of occurrence. For the present two peaks, the first of these is known classically as the
purposes, this is the method that will be used. inner radiation zone. Here high energy (—40 MeV)
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protons reach a peak flux of 5 x 10° Hs'/em? sec, ata
distance of L = 1.5 Rg. These protons constitute the
most penetrating natural component of radiation in the
inner zone. Anotner peak of high energy protons is
found in the inner zone at L =2.28 R,

In the outer radiation zone (L =3-5 Rg) there is an im-
portant low-energy proton component with energles
0. 'I <=E =4 MeV with a peak flux on the order of 10°
Hi'lem® sec. (Ref. 5-21).

Electrons. The other major component of the
frapped radiation is the electrons. The electrons exist
in relatively high intensity throughout the entire region
of durable frapping within the magnetosphere. For the
inner radiation zone the flux is greater than 10° elem®
sec. for energies >40 keV. Typical values of electron
intensities in the outer radiation zone (atL ==4 Rg near
the geomagnetic equator) are:

Jo (e > 40keV) =3x10 eicm sec.

Jo (Eo > 230keV) =3x10" elcm SEC.

Ji (Eo > 1.6 MeV) =3 x 10° efem’ sec.
Whereas the protons in the ouier zone are charac-
terized by their stability, the electrons in the outet zone
are characterized by their time variability, The fluxes
can change by orders of magnitude in hours.

It is interesting that among trapped radiation the
electrons constitute the main hazard to humans in the
outer zone. The trapped protons at high altitudes do
not present much of a radiation hazard because their
energies are below 1 MeV (Ref, 5-22). The FLUX
subroutine (Ref. 5-24) calculates the proton flux (40
MeV - 110 MeV) and sets the value equal to zero when
L > 4. For the solar cells, however, the damage done
by the low energy protons cannot be neglected.

Galactic Cosmic Radiation. This radia-
tion source consists of completely ionized atoms
(nuclei) (Ref. 5-25). The particles have great energy
and it is therefore assumed that they cannot be con-
tained in our solar system but are generated in the
galaxy, possibly from a variety of sources (Ref. 5-26).
Before they are absorbed near the earth’s orbit they
have undergone Initial acceleration and diffusion
through the galaxy, possibly again been accelerated
and finally modulated by the solar wind. Because of
their diverse nature, but generally high mass and
energy, they are usually referred to as HZE particles.

Galactic material ranges from hydrogen fhrough iron
with chemical composition as shown in Table 5-9.

Table 5-9 CHEMICAL COMPOSITTON OF GALACTIC COSMIC RAYS
Intensity/m’ster.sec Intensity Average in
Group 2 >1.5 GeV/Nuc. Intensity 2 >10 Universe
x4 1 1300 680 3360
He 2 88 46 258
ii, Be, B 3-5 1.9 1.0 107°
C, N, O, F 6-9 5.7 3.0 2.64
% > Ne >10 1.9 1.0 1.0
@ > Ca >20 0.53 0.28 0.06
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The abundance of the elements C, N, O, F, and the
presence of Li, Be, and B suggests that the farmation of
the cosmic rays occurs in a region rich in heavy nuclei
and that the lighter nuclei Li, Be, and B are formed by
fragmentation of the heavy nuclet upon collision with
interstellar hydrogen. The fragmentation parameters
for the production of those three elements are known
reasonably well (Ref. 5-27) and the amount of matter
necessary to be traversed by the cosmic rays in order
to produce the yields shown in the table can be calcul-
ated. The best current estimate (Ref. 5-28) is
2.59/cm2. it is interesting, but not too surprising, that
nuclei of even Z tend to predominaie. Even-even
nuclei are generally mare stable. Recent indications
are that approximately 1% of the primary galactic
radiation consists of electrons with E > 100 MeV.

The effects of high-energy cosmic rays on humans are
unknown but are considered by most autharities not fo
be of serious concern for the relatively short exposures
of contemporary spaceflight activity ([Ref. 5-25).

Solar events, in order to be considered, have an integr-
ated intensity of 10° particlesfcm2 at energies > 30

MeV, observed on earth; this is a threshold (Ref. 5-26).

Energy distribution of the particles range from 10" ev
and have been chserved at >10%" ev.

For high altitudes the solar cosmic radiation must be
taken into consideration. For example, if the solar
event of August 4-9, 1972, had coincided in time with
an Apollo mission, the dose within the heavy, well
shielded comrand madule wouid have been 360 rads
for the skin and 35 rads for bone and spleen. Inside the
thinly shielded Lunar Madule or during EVA the dose
would have been extremely serious {Ref. 5-25),

Consideration must also be given to secondary radia-
tion, neutrons, and Bremsstrahlung, created by colli-
sions and interactions by cosmic rays or electrons with
the material of the spacecraft or within the body sub-
jected to the radiation.

The Radiation Environmenta!l Dose in

However, for the long-duration, deep-space missions LEO and in Orbit Transfer. Because the radia-
of the future there may be progressive destruction of tion environment is se diverse, it is convenient to es-
nondividing nerve cells. The question of biological tablish the dose received as the unit of measurement.
effects of HZE particles has been accentuated by the The dose received at a point is that due to the sum of
reports of visual light flashes, even with eyes closed, all of the radiation and is measured in rads, where 1
by Apollo crews (Ref. 5-29). In these cases the eye it- rad is defined as 100 ergs of energy deposited per
self has acted as a scintillation detector. gram of whatever material is receiving the dose.

Although the intensities, especially of the electrons in |n low-earth orbit (LEO) and in orbital transfer (OT)
the outer radiation zone, may vary widely, both the between LEQ and geosynchronous orbit (GEO)
geomagnetically trapped radiation and the galactic material and men are subjected to exposure of radia-
cosmic rays are referred fo as “expected” radiation. tion in the Van Aller alt. Figure 5-13 shows the daily
into this classification also falls the emissions from agcumulated dose, in rads, as a function of altitude for
nuclear onboard spacecraft sources (Ref. 5-30). a circular arbit with 30 degree inclination (Ref. 5-31).

Similar curves are obtained for other orbital inclina-

. .. . lions, wi accumulated dose slightly higher for
Sclar Cosmic Radiation. Solar radiation is tions, with the accurnu gnily hig

classified as "unexpected” radiation presumably due
to the fact that it cannot be predicted in advance of
solar events. The solar paricle radiation consists
mainly of high energy protons and their intensities are
such that they constitute a considerable hazard to
manned flights and have a considerable effect on most
types of solar cells. The geomagnetic cutoff energies
are not well known in synchronous altitudes, therefore,
the differences between free space fluxes and those
encountered by synchronous satellites for energies
less than 30 MeV are somwhat indeterr unate. Abave
30 MeV the free space flux should be encountered
(Ref. 5-22). ' :

smaller angles. The curves in the figure have shielding
thickness as a parameter, varying from 0.5 g§cm’,
which is representative of spacesuits, tc 4.0 gl’cm2
which is representative of a well shielded spacecraft.

The dose received in LEQ, as shown in the figure, de-
pends on the altitude choser: for the orbit. Air drag at
low altitudes may make it impossible to assemble
large, low-density structures due to degradation of or-
bit; an the other hand, an increase in aftitude will mean
an increase in radiation dose and will, therefore, re-
quire additional shielding for the construction crew. If
assembly, o partial assembly is to be done in LEO
there will, therefore, be a tradeoff beétween orbit
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degradation and shielding weight.

The dose received in OT will ocbviously depend on the
time spent in going from LEO to GEO, however, tha
dose will be sufficiently high so that only chemical
propulsion should be considered for crew. Figure 5-14
shows the accumulated dose, in rads, as a function of
shield thickness, with orbit transfer times of 5.4, 27,
and 54 days and with all curves extrapolated back to
zero shield thickness, for a 30 degree orbit inclination.
The curves were calcuiated by summing the daily
doses, which were determined from the average dose
existing at the altitude at which the craft would be on a
given day, depending on its thrust to weight ratio
(T/W). The calculations were done for TW =10, 5 %
10*, and 10*, and essentially represent a combina-
tion of Figure 5-2 and Figure 5-13.

The no-shield doses from Figure 5-14 are plotted as a
function of transfer time n Figure 5-15 for two orbit in-
clinations. The curves should obviously go to zero dose
for zero transfer time.
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The Radiation Environmental Dose in
GEO. In geosynchronous orbit the radiation sources
are partly due to the geomagnetically trapped protons
and electrons although at an altitude of about 35,000
kilometers the dose due to these is at least three or-
ders of magnitude less than the peak magnitude in the
Van Allen belt. The trapped particie flux will vary ac-
cording to two cycles--the diumal variation caused by
the solar wind, and a long-term variation caused by the
solar cycle, The trapped radiation at this altitude con-
sists mainly of electrons with a soft spectrum, trapped
proton fluxes are negligible for humans.

The other two components of radiation are due io
galactic cosmic rays and solar events. The cosmic ray
flux is significantly higher than that in LEQ, and the
energy spectrum is very hard, causing only smali varia-
tions in dose rates behind very thick shields (Ref.
5-32).

The solar events are very important when they do oc-
cur, and some think that it is necessary to be able to
predict, at least several months ahead of time, when
these events will occur, before manned stays at geo-
synchronous altitude should be contemplated (Ref.
5-32); however, the SPS program must be of a con-
tinuous nature, and, therefore, solar flare predictions
do not suffice to keep human exposure low.

Figure 5-16 shows the dose rates behind various
shield thicknesses in geosynchronous altitude with an
orbital inclination of 30 degrees, and parked at 110°
East. There will be some variations with inclination and
longitude but these variations are probably smaller
than the uncertainties in the doses shown.

The doses due o solar flare events are not shown in
the figure, however, doses averaged over six years are
an order of magnitude greater than background (Ref.
5-29). During a solar flare event the dose would be
considerably greater.

5.4.3.2 ENVIRONMENTAL EFFECTS ON
MAN

Man will be necessary to perform many of the opera-
tions connected with the deployment, construction,
assembly, and maintenance ir the SPS program. it will
be necessary o have prolonged residence at both LEO
and GEQ, and hence radiation protection becomes a
significant portion of the safety considerations.
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The radiation standards that were determined for the
astronauts in the previous short-duration spaceflights
will not necessarily be valid for projects such as the
SPS, where the nature of both the personnel and of the
mission are entirely different. The recommended per-
missible dose for space has been set much higher
than for industrial exposure. This was based pattiy on
the fact that astronauts are volunteers (Ref. 5-28);
however, it may be considered that an industrial
worker is also willingly accepting a known risk, and is,
therefare, also a volunteer.

It is almost certain that new limits will be setin order to
protect personnel against the uncertainties of solar
events coupled with the length of the proposed gnis’-
sions. It will, likewise, be necessary fo provide better
shielding and operational procedures and constraints
which will minimize both exposure and its effects.

Radiation Standards. Whereas exposure
jimits to industrial workers and to the general public
are quite rigidly fixed both by international (Ref. 5-33)
and U.S. (Ref. 5-34) agencies, the agencies responsi-
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ble for manned flights are permitted to set their own
exposure limits, which may exceed the Radiation Pro-
tection Guide {RRPG). This permission is stated in Ref.
5-35: "There can be no single permissible or accepta-
ble level of exposure without regard to the reasons for
permitting the exposure.”

Absorbed dose is measured in rads, but if the material
in which the radiation s absorbed is biclogical, then
the energy deposit is not a sufficient measure because
different kinds of radiation and even different energies
of the same kind of radiation will have different effects.
The radiation unit used is rem {Roentogen equivalent
man) which is the praduct of the dose in rad and the
QF {quality factor). The quality factor is a numerical in-
dication of the given radiation's LET {Jinear energy

transfer). The rem may also be calculated from the

dose in rads and the RBE (relative biological effective-
ness) where the radiation in question is compared with
soft x- or gamma-rays which are giver an RBE of 1.

A reference risk has been established (Ref. 5-29),
based on the natural probability for the white, male
U.S. population between 35 and 55 years of age fo
suffer death from malignant diseases (neoplasm), and
based onthe assumptton that the risk from radiation for
all neoplasms is3 x 10° Iremlyear with the total risk of
the 20 year period 6 x 10° Strem. The natural probability
of death from neoplasm is2.3x% 10’ and the reference
risk becomes 2.3 x 10-%/6 x 10-*frem =383 rem. This
has been rounded off to 400 rem and is the exposure
which will give an additional risk, equal to the natural

-

The dose rate and the penetrating ability of the radia-
tion combine to determine whether the effect is one of
early incapacitation, progressive incapacitation, or
chronic injury. incapaciiation refers to somiatic injury
whereas chronic injuty is genetic and somatic, but
based on prababilistic terms.

Table 5-10 shows the value that have been recom-
mended for various expscure times and depths of ex-
posure (Ref. 5-289).

The table shows that the dose to the testes may be
limiting, however, the effect of exposure is genetic and
not somatic.

Radiation Protection, Shielding, and

Operational Constraints. Within the con-
straints imposed by the combination of dose ac-
cumulation, dose rates, and radiation environment as
discussed, it seems clear that for manned spaceflight
in LEO the simpiest method of radiation protection is
shielding of the spacecraft, and a combination of
shielding and expsoure-time limits for extravehicular
activity (EVA). This is the conclusion of investigators
(Ref. 5-36 and 5-37) as well as of measurements ac-
tually made (Ref. 5-26 and 5-30).
The amount of shielding necessary in LEO depends, of
caurse, on the length of time to be spent there and on
the altitude of the orbit. A thickness of 2 gmicm ? would
allow 5 months’ operation (Ref. 5-37). This is about the
wall thickness of Apollo or Skylab.

If the industrial limits, rather than the limits recom-

risk, of death and which has been established as the mended by the Space Science Board, were in effect,
reference risk (career limit). The dose of 400 rem is at then the 5 months’ aperation would shrink to 5 days at
a depth of 5 cm which is the average depth of the 2 gm/cm’ shield thickness.

blood-forming tissue (bone marrow). in GEQ the situation is somewhat different. The flux is

it should be pointed out that the assumed risk of 3 x much higher but the energy spectra of the electrans
107 !rem!year was based partly on data from victims of and protons are softer, and the dose rate decreases
radiation accidents and nuclear bomb explosions, rapidly with increased shield thickness unti! it is
neither of which compares with chronic, low-dose ex- smaller than in LEO (Fig. 5- 1?) The result is that in
posure, It may be argued that because of healing- GEO the dose behind 2 glcm® is 1.2 remiday (Ref.
effects the chronic exposure allowance becomes con- 5-37), (JSC data in the figure shows this to be 0.3
servative when it is based on such one-time ex- rem/day, essentially equal to the LEO dose) while in
pasures. an unspecified space suit (probably 0.2-0.5 glem?) the

‘dose rate is 1920 rem/day {(Ref. 5-37)., obviously
t precluding exiensive EVA, at least with present-day
space suits.

The effect of rate of exposure is not well understoad,
for example, the aliowed career limit of 400 rem is no
much less than the mean lethal dose (MLD) of about
500 rem. In order to be conservative the allowed dose The real difference between LEO and GEQ is due to
fractions for shorter periods are progressively smaller. the solar flare events, The occasional presence of
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SURGESTED EXPOSURE LIMITS AHD EXPOSURE ACCUMULATION RATE CONSTRAILNTS

'Constra€nt Pr1mary Ref. Risk Bone Marrow Skin Ocular Lens - Testes
S (rem at 5 cm) (rem at 5 cm) (rem at 0.1mm) (rem at 3mm) (rem at 3 cm)
f-year
average 0.2 0.6 0.3 0.1
daily rate
30-day o ' ;
maximum 25 75 37 13
Quarteriy _ ;
maximumd 35 105 52 18
Yearly
1 maximum 75 225 112 38
Career', 1
Timit 400 400 1200 600 200

Al et i "
b et ot A b a1 4 ik o,

May be allowed for two consecutive quarters followed by 6 months of restr1ct1on frﬁm
further exposure to maintain year]y Timit.




these makes it mandatory to provide a highly shielded

part of the spacecraft, where the personnel and certain-

sensitive instruments and equipment, can stay at least
for the duration of a solar flare event, usually on the
order of a few days. This "fall-out shelter” could be
provided with a shielding thickness, an order of mag-
nitude, or more, greater than the rest of the craft. In ad-

dition to this it would be possible to accumulate a

"junk yard" around the spacecraft, consisting of spent
fuel tanks, burned-out motors, etc.

JSC DATA FOR GEC

OSES, REM/ DAY

LEQ. ENVROMENT

" L
. -3 [ 2 I! 4 E)
SHIELD THKKKESS, g/em?

FIGURE 5 -7 COMPARISON BETWEEN DOSES RECEIVED IN
LEC AND IN GED AS FUNCTION OF SHIELD
THICKNESS (DATA FRGM REF 5-37)

The additional shielding of the space station reduces
the daily dose and will, therefore, allow a higher dose
fo be received during EVA, thus allowing a lighter suit.
Since the space junk will be there in any case, and, in-

. deed, represents a disposal problem, this disposition

could provide substantial savings.

‘Operational cdnstraints must be used to ascertain that
. no individual member of a crew will exceed his

allowed dose. From experience different crew mem-
bers on the same mission do not receive identical ac-
cumulated doses (Ref. 5-30). For the SPS program
there will be continuous crew rotation and it will be
necessary to keep running records of an individual's
exposure; this must include his dose history as well as
periodic adjustments due to the readings of onboard
dosimeters. Solar flare events may necessitate early
rotation of some crew members andfor placement of
crew within the varied radiation fleld of the craft ac-
cording to their radiation history.

The dose required to produce temporary loss of fertility
and a possibility for later producing mutant offspring is

" smaller than the dose allowance for bane marrow (see
. Table 5-10). If the possible psychological impact of

this is taken into consideration, then the dose received

by the gonads, at |least on the male, may be limiting,

An additional operational constraint may, therefore, be
that the crew shall consist only of members who have
previously elected to be sterilized.

5.4.3.3 ENVIRONMENTAL EFFECTS ON
SOLAR CELLS

Solar cells are essentially semiconductor materials
which convert energy contained in visible light to an
electric current. Only those wavelengths of the visible
light spectrum whose photons have energy greater
than the energy gap of the semiconductor will produce
the photoelectric effect. Above this energy gap, the
converson efficiency is a function of energy.

The linear absorption co. ficient of the cell will be one
of the determining factors in choosing the thickness.of
the solar cell. The intensity of light in the cell will vary
as | =lge-u xX, where |, is the intensity of the incident

beam, x is the distance traveled through the material,

and p y is the linear absorption coefficient. For such
an exponential relationship, increasing the thickness
beyond a few absorption lengths will mean a smaller
increase in the fraction of light absorbed, thus the ira-

deoff between weight, efficiency, and manufacturing -

capability for producing very thin, iarge-area semicon-
ductars will dictate the final thickness of the cells,

Single-crystal silicon is the material which is likely to
be used for solar arrays because it probably has the
best overall combination of desirable properties (Ref.
5-38). For Si the’ absorptlan coefficient increases gra—
dually from 10 cm™ forhy =~1.2 eV io =3 x 10° at
hy ==3.0eV. The enargy gap for Si, Eg ,isjustoverid
eV, and between =1,2and 3.0eV the average v yis
about 10* em' (Ref. 5-39). Thus, if this linear absurp-
tion were used, a cell with a thickness of 1/ y =10"*

cm would absarb ~ 2/3 of the photons with. eneray
between 1.2 and 3.0 eV. in order to absorb a greater

fraction of the lower energy photons the cell would

have to be considerably thicker.

Not only does the solar cell absorb visible light, italso

absorbs ‘other types: of radiation much of which

damages the cell and reduces its conversion efficien-
cy. The mechanisms by which radiation damage is
caused are very complex and depend both on the type

of semiconductor material and the type of radiation as .

well as on temperature and time, thus, for exampie, a

certain defect which may involve an impurity frapping

of a single Si interstitial or vacancy can only be ob-
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served at low temperatire$ since it is annealed at
room temperature and does net show after room tem-
perature irradiation. The defet is associated with im-
purity content (Ref. 5-40).

Iradiation with energetic particles produces many
tvpes of defects, displacing atomns from reguiar lattice
sites by collision, The interstitial atorns and lattice va-
cancies migrate in the crystal and aggregate or associ-
ate with impurities in the material. Macroscopic disor-
dered regions in the crystal lattice may also be pro-

duced in case a large number of atoms are displaced

as the result of a primary collision.

_The combination of temperature and irradiation is
- complicated. Thermal conductivily s reduced by ir-

radiation, with a larger effect at lower temperatures;
the effect is due 10 the defects which scatter the latlice
waves responsible for heat conduction. As a result of
the induced strain the physical dimension may change
(Ref, 5-40). If not allowed fo change, there may be
structural failure.

The annealing of irradiation effects with temperature

often shows complicated behavior. The annealing of
one type of defect is accompanied sometimes by the

- formation of other types of defects (Ref, 6-41).

Radiation Damage in GEO. Whereas
unannealed degradation due to radiation damage has
been estimated to be as litile as ’*% over a 5 vyear
period (due to-an estimated flux of 10" elem ) and a
tota! degradation of 20% over 30 years (Ref, 5-42), the
only long-term exposure of solar celis in GEO has
shown a somewhat greater degradation. Silicon cells

~with a 1-mil quariz cover exposed in GEQ over 6-1/2

years showed a 3.5% degradation for the first 3 years
and 1.75% per year thereafter (Ref. 5-43). The total
degradation for these ceils exirapolate fo 35% for 30
years.

If it is assumed that the xposure in GEO is 35

radiweek at 0° orbit inclination (Fig. 5-13) at 1 gfom %)
{hen the degradatlon after 3 years is 1 JT5%/year182
radfyear = 9.6 x 10° ®ohirad.

Different types of cells show different amounts of

- degradation. For example, ion-implant cells, which

showed almast no sign of low-energy proton degrada-

- tion, exhibited Pryay degradation at'a greater rate than

the standard diffused cells with 6-mil cover shields.

* However, because of a better contact grid structure

resulting in lower initial series resisiance, those cells
had almost 10% greater initial maximum power and
were considered superior in absolute performance
than the diffused cell {Ref. 5-43). :

It is not clear what the cover wiil provide in terms of
degradation protection. Comparison batween 1-mil
covers and B-mil covers shows an approximately 10%
greater decrease in Ppgy for the 1-mil cover for
diffused n/p, 10 ohm-cm Si cell. The 6-mil covers were
CCLI and the 1-mil cnes were integral, sputtered
quartz. Solar flare actwlty decreased ’the 6-mil covered
cells by 0.85% per 10'® protonsfem?® and the 1-mil
covered ones by 1.4% for the same fluence; this is an
increase in degradation of 65% relative for the 6-mil
cells, however, the covers are an added weight
(quartz, which is SiOz has a specific gravity of 2.65
thus a 1 mil cover represents a volume of 2.54x 107 x
10"%m¥km?, or 5.7 x 10°Kgikm®), and there is also an
initial decrease in the power output of the cell due to
cover slide darkening. This effect is 4 to 10% (Ref.
- 5-48), thus, although it seems that protection is desira--
ble (including edge protection) much more research is
needed to find the tradeoff between added weight and
percent degradation over the expected lifetime.

Calculations based on 8-mil thick n/p Si with a 6-mil
fused silica cover plate show an insignificant degrada-
tion in GEO except when large solar flares were en-
countered (Ref. 5-32); however, a 6-mil thickness of
silica would not be practical for large arrays.

Radiation Damage in Orbit Transfer.
Using the degradation rate of 9.6 x 10~%/rad which
was derived in the previous section, the degradation
experienced by solar cells during orbital transfer from
LEO {o GEO can be calculated.
if a shield thickness of 1 g!cm is assumed for the solar
cell shrelds (although a 6-mil sheet of SiO is only 0.04
alom’) then Figure 5-14 shows that the: aocummated
dose for an orbital transfer time of 5.4 days is 10° rad,
resulting in a degradation of 9. G% For a 27 day ’rransrt
.the dose with a shield of 1 glem’ would be ~ 4.2 x 1 0®
rads, resulting in a degradation of ~40%; and for a 54+
day transit the degradation would be ~81%.

Table 5-11 below compares the degradation suffered
by Si solar cells in GEQ and-in transit between LEO
and GEO for various transit times.

There is some evidence that radiation damage may
saturate (Ref, 5-43), i.e., the defects may diffuse out as
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Table 5-11  DAMAGE TO SOLAR CELLS

In Orbit

Other

st1ide darkening

In GEC LES-6 Sateliite data
3.5% for 3 years + 1.75%/year thereafter
35% degradation (extrapolated) for 30 years
for S1 with 1 mil cover

Transfer Assuming 1.75%/year, 3.5 rad/week
9.6 x 1073%/rad, then
5.4 day transit - 9.6% degradation
27 day transit - 40% degradation
54 day transit - 81% degradation

Effects 4 - 10% initial degradation due to

thermal stresses -
change in efficiency with temperature
annealing with temperature, time

fast as they are produced after a certain density of

defects has occurred. This diffusion of defects is pro-

bably enhanced by temperature, thus annealing
should decrease the amount of degradation shown in
Table 5-11; however, temperature also decreases the
efficiency of the calis, as shown in Figure 5-18, and a
tradeoff between annealing effects. and efficiency
must therefore be made to establish the best operating

- ternperature &t the solar cells. The alternative is to let.

thiz cells decay o a given efficiency and then occa-
sioially anneal them at an elevated tempurature to
restore ‘at least part of the efficiency.

~ Other Effects on Solar Cells. -In addition
to the ‘proton and electron radiation damage to the

semiconductor material, othér environmental factors

influence the total solar array, usually to the detriment

- of performance. -

79

MARIMUM EFFICIENCY, % .

0 - I ! [ ! .-
250 ) 300 ¢ 350§ 400 | 450 TEMP,*K
1] 50 106 150 TEMP, *C

FIGURE 5-18 MAXIMUM EFFICIENGY OF SOLAR CELL
VERSUS SILICON TEMPERATURE {DATA
FROM REF. §-38) . ) .

N
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" 1o the radiation environment:

A transparent shield must be used primarily for protec-
tion against the radiation environment but also against
micrometeorites; this shield gives protection against
ultraviolet radiation (UV) and provides a degree of
cooling By virue of reflective filters.

Radiation damage in optical material consisis of an in-
crease in the absorption in the material in the region of
the spectrum which is detrimental to the solar cell due
to the reduction of visible light transmitted. The
damage is due fo the production of electronic states
which absorb photons in the visible part of the
spectrum, :

A principal source of radiation darmage in thermal con-
trol surfaces is UV radiation. The mechanism of
damage must be due to direct electronic, or indirect
atomic, displacement, since the UV photons do not
have sufficient energy to cause direct atomic displace-
ment damage (Ref. 5-44)..

Other mechanisms which [imit the life of a solar power

system are degradation of mechanical and electronic

components, radiation damage to both solar cells and

electronic components, and thermal cycle fatigue to

array materials and solar cell interconnections (Ref.
5-45),

5.4.3.4 CONCLUSIONS AND
RECOMMENDATIONS

The space environment will impose many conditions
on the SPS both with respect to its effects on man in
space and to its effects on the materials, Although
much has been iearned in recent years about space, a
much better understanding of the radiation environ-
ment wauld be highly desirable as would be the ability

- to predict the resulting dose and its effects on biologi-

cal and both inorganic and organic materiais.
The following conclusions can be made w:th respect

a. The geomagnetically trapped _radiation.
especially in the inner radiation zone, constitutes a

- design constraint for manned satellites and a severe

restriction on the use of solar cells for propulsion from
LEQO {0 GEO.

b. In the outer radiation zone there is an in-
creased effeetiveness of the shielding due to the
softening of the incident, and hence the residual,
spectrum, At high altitude Ie§s proton shielding would,

g0

therefore, be required for man than at low altitude.

c. The shield thickness required in GEO is con-

siderably greater than the thickness of existing space
Suits,

d. Solar flare events constitute & definite threat,

possibly involving loss of iife, to manned operation in
GEOC.

€. Manned operation in LEO can be performed
fora pertod of up to 4 months with a shield thickness of
2 gmlcm without exceeding the present radiation
dose limits siet forih by the Space Science Board so
lang as the orbit does not include the South Atlantic
Anomaly.

f. Mannec; operation can be performed in GEO
for-a similar length of time with the.same shield thick-
ness, but only in the absence of solar fiare events.

Some of the Operational Constraints and Procedures
which could be used they include:

a. Duty rotation of crew according {o accumul-
ated doses and dose rates received,

b. Preferential treatment of crew members with
respect to shielded areas, based on membeis' dose
history.

€. Possible parking of space “junk,” spent
engines and tanks, around craft-in order to reduce
shizlding requiremenis of the craft proper.

. Prior sterilization of crew, voluntary but a pre-

requisite for flight status, to remove the dangers of psy-

chological and genetic damage.

These procedures will mainly be of use with respect to
the crew; the radistion effects on the solar cells are not
easily circumvenied with operational procedures,
although it is possible that occasional periods at in-
creased temperatures may be tsed for partial restora-

-tion of radiation-damaged cells.

It.is probably dangeraus to base an SPS design on &an
expected large increase in solar cell efficiency, since

the increase which has been obtained overa period of

10 vears has leveled off (Ref. 5-46), however, a system
analysis approach fo solar cell development should be
used to replace the present approach apparently pur-
sued by individual scientists. Figure 5-19 suggests
some of the interrelated factors which, if considered as
a whole, ‘would vield an optimum solar cell.
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FISURE 5-19 SOLAR CELL TRADE-OFFS FOR ORBITAL TRANSFER

In addition, the following recommendations aré made

- for investigations which will be needed for solar cel|

development or for operational aspects of the SF’S pro-

“gram,

Solar Cells:

a. Research on degradation in a mixed radiation
field, possibly in space; using a systematic approach
to arrive at optima.,

b. The effects of time and temperature on the
annealing of defects, the amount of recovery which
can be expected, for various materials.

¢. Shield effects, the effect of shield thickness,
reduction In damage as well as reduction in absorbed
light,

d. The phenomenon of saturation damage, its
function of rate of dose, synergistic effects.

Human and Operational:

a. Cost-benefit analysis of shield wexght Versus
dose in LEO as a function of orbit aliitude.

b. The effects of long-terms chronic expasure to

*low" dose rates, considering that industry standards

call for doses which are lower by an order of mag-
nitude.
¢. Development of improved space suit for EVA

-in GEQ; these could possibly use a “layer” effect to

reduce Brémsstrahlung and also use strateglcally-
placed extr& thickness.
d. Investigation of the legal aspects of the radia-

-~ tion standards set forth by the Space Science Board,

5.4.4 Exhaust Plume

COnsiderations_

5.4.41 PLUME EFFECTS
Analyses and experimental data indicated that the ex-

“haust plume of any of the candidate thrusters will ex-.

pand into at least 27 sterad (Ref. 5-47). This is
viewed as somewhat of a problem since most thruster
locations will allow some of this plume to infringe on

~ some portions of the satellite.

Certain compenents of the satellite may be degraded
by the bombardment of these high energy particles,
This degradation-could take the form of a material
depaosition on'the component, a chemical reaction, a
metaliurgical reaction, sputtering erosion, or radiation
damage, depending on the propeliant type and eneray
developed, and the component affected (Ref. 5-47).

The potential advaniages of thrusters with a higher
specific Impulse (which causes the high ensigy ex-

haust particles) ‘may be padially offset by the -

necessity of relocating thrusters to less efficient loca-
tions or by adding shields to protect certain areas of
the satellite. Table 5-12 lists the potential problem
areas.

5.44.2 THRUSTER PLACEMENT

In order to minimize the number of thrusters and the
consequent control prablem and power and propellant
feed problems, gimballed end mounting of the
thrusters was originally preferred {(Fig. 5-20) (Ref.
- 5-48), This allows.the clusteting of propellant tanks
and power conditioning equipment. The rotating
thruster banks can provide most of the attitude control
as well (Fig, 5-21).

‘Moving the thrusters to opposing corners of the square

modules (Fig. 5-22) as proposed by Boeing (Ref. 5-49)
will provide the satellite component some protection
from the exhaust plume, and exact no control penalty.
Should additional protection be needed, it should be
minimal for this configuratior.

considering that future crew members may fall under '

industria! standards, may te members of unions, etc,
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Table 5-12. POTENTIAL DEGRADATION OF SPACECRAFT COMPONENTS FROM IMPINGING

PROPELLANTS
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X POTENTIAL PROBLEM AREA .
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5.5 DESIGN REQUIREMENTS

(\ . The previous sections of this chapter have identified
Mool TmueriRmms  various issues which must be considered when
g ON OFFOSITE SIDES  developing a design for electrically propelling the SPS

\.,) and/or its constituent components from LEO to GEQ. In
the present section the design guestion is addressed
directly; first to determine and assess thruster selec-
tion tradeoffs and then to propose a suitable configura-
tion for accomplishing the objective.

(‘@
5.5.1 Engine Selection Tradeoffs

FIGURE §-20 MODULE WITH ENGINE CLUSTERS Analyses have been performed fo ascertain which of
NOTE: SATELLITE MODULE ABOUT 2km the elecirical thruster candidates identified in Section
‘ SQUARE AND 172 km THIGK 5.1 would be most suitable for accomplishing the tran-
sorbital task. This question was approached from two
points of view--technical feasibility and overall prac-
ticality.” A computer program, written to assist in mak-

= = - ing these comparisons, is listed and explained in Ap-
THE SIDE THAUSTER 380 ROTATING endix L.
-l prezmer e, P -
* 5.56.1.1 MODELING ASSUMPTIONS
-~ . . . N
g i 2 ei” eorasmes ar At The analysis of low thrust orbital transfer using electri-
_ . : COANERS . . .
- : : o . cal. propulsion was approached by freating the .
NOTE: SATELLITE MODULE ABOUT 2KM SQUARE AND transportation question as a whole rather than by look-
i72 KM THICK ing at the individual requirements of modular sections
FIGURE 5-21 MODULE WITH ENGINE cLusTERs anp atTitupe  which might be used fo ferry the SPS to geo-
CONTROL : "~ synchronous orbit. Implicit in this -approach is. the-
assumption that the problem is directly scaleable, Le.,
that the approximate riumber of engines, LEO weight,
power requirements, etc,, for each of the N modular
o sections could be determined simply by dividing any
50Ty SioES " Ons GPROSITE GORNERS) © quantity by N. A more detailed treatment was not con-

sidered warrante:i due to the uncertainty of many of
the parameters involved.

The anaiysis is based on an SPS whose size and mass

are dependent on the particular mission profile under

consideration. While the mass of the MPTS was held
- fixed at20,427 tonnes (45 million Ibm} (Ref.5-60), the

360" ROTATING
HANKS oF
THRUSTERS,

RN point mass of 65,167 tonnes {144 million Ibm} (Ref.
5-51) by an amount which campensates for the radia-
_tion degradation experienced in transit. Thus, an SPS~
“brought to GEO using low thrist proplsior would be
_ sized to provide 10 GW on the ground as would its
FIGURE 5-22 CORNER MOUNTED THRUSTERS —  chemically propelled counterpart. Accounting for
' : ' * transmission and conversion efficiencies (Ref, 5-52),
_ this is equivalent to a maxitnum 16 GW available for

e NOTE+ SATELLTTE, MOOULE  ABOUT 2km. SOURRE -
’ AND /2 km THICK .
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mass of the SECS was permitted to vary from a starting =




propulsion after having passed through the Van Allen
belt. This, then, is an upper limit used to determlne
technical feasibiiity.

In calculating the size of solar array, it was assumed
that only those portions actually required in ofder to ac-
complish LEO-GEO transfer would be- deployed; the
exposed to unexposed area ratio was taken fo be
directly proportional fo the ratio of available to poten-
tial power. (Note that this would not necessarily be true
if the thickness or type of shield used to protect those
solar cells were different from that used to protect the
solar celis which are only deployed upon arriving on
station in GEC,)

© The model used to describe lhe way in which solar

cells degrade as a function oi -¢:7e is based upon a
Radiation Impact curve appearlng in a Boeing Quar-
terly Report. (Ref. 5-53) (Fig. 5-23). An exponential

~ having a time constant of 300 days was found to pro-

vide excellent agreement with this curve. Subsequent
analysis in Section 5.4, however, indicates that
degradation rates in excess of that shown by the Boe-
ing curve may be expected, Since the resuits of this
analysis, which neglected both saturation and self-
healing due to annealing effects, indicate an almost
linear rate of degradation with total damage occurring
on the order of 65 days, a somewhat more optimistic
compromise module, exponential decay with a 120
day time constant, was used in anticipation of research
breakthroughs in the protection of solar cells,

_ The time for whlch the SECS array will be exposed fo
“Van Allen belt radiation has, for simpticity, been
" assumed equal to the duration of the transfer from 500

km'(270 n.m.) to 35,878 km (19,358 n.m.). An esti-
mate of this time is obtained initially using a constant
thrust/mass (thrust/weight) ratio, continuous low thrust
model (Appeadix G-4). This estimate is then
employed in a first pass to evalute masses of the SPS,

_ engines, propeilant, and tanks. The time estimate is

then refined by employing the constant low thrust

. equations with the thrust/mass ratio recalculated each

orbit, In" order to compensate for occultation effects
which may add as much as 10 days {0 54 day transfer
(Ref. 5-54), the calculated time is increased by 10%.
The effects of aerodynamic drag and solar pressure on

" trip time are relatively smaj! m comparison and have
- been neglected.
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FIGURE 5-23 SOLAR CELL DEGRADATION

‘The minimum AV required for continuous low thrust
LEO to GEO transfer is 4,542 m/sec, (19,903 ft./sec,) at
the equaior (Appendmes G-3and G-4). If a Cape Ken-
nedy due east launch- is assumed, additional AV
would be needed in order to accomplish the plane

change. If the plane change is done entirely at GEO.

altitude, 35,878 km (18,358 n.m.), the minimum A V
_increment is 1,528 m/sec. (5 012 ft/sec.) determined
from the equation:

AV = \r|v (m /180)! (Ref. 5-55)
where |.is the anglg of inclination, 28.5°. It should be
“stressed that this i5'a minimum value and does not in-
clude thrust vector losses associated with the nonim-
pulsive plane change. It Is clear, however, that the
plane change at GEQO altitude will increase tofal trip

time approximately 33 to 100%. (Total trip time and

overall A V may be reduced if the plane change is ac-
complished enroute from LEO to GEO (Ref. 5-86). This
woufd probably increase the time that the solar cells
are exposed to Van Alien belt radiation, resulting in a
- compensatary the solar cells-are exposed to Van Allen

= ~pélf radiation, resultlng in a compensatory as msuffl-

c:[ent information is available at thls tlme)
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- cussed in a later section. At the time of writing,

In order to arrive at a realistic evaluation of propellant
loads required for the various mission profiles, the
minimum A V's presented above must be increased.
AV estimates were raised a total of 12% above the-
minimums to account for gravity gradient losses and
provide for reserves (Ref. 5-57). This results ina AV
requirement of 5,087 m/sec, {16,691 fifsec.) for an
equatorial faunch and 6,829 mfsec. (22,405 fi./sec.)
for a Kennedy launch. The Kennedy launch A V figures
also include an additional 2% AV penalty for thrust
vector losses associated with the nonimpulsive plane
change. ,

An estimate of the mass fraction of hqu:d hydrogen
{LH2) was obtained from a study written by J. C.

Smithson in which the cryogenic tankage sysiem of a
LO2/LHz2 chemical OTV was designed (Ref, 5-58).
While it is recognized that factors such as time spent
in LEO and tank size will alter the resulis, a propelfant
mass fraction of 0.83 was utilized in the calculations
for LHs. Far the purpose of estimating total transporta-
tion costs it was necessary to ascerialt what portion of
the gross Jift-off weight (GLOW) represented hy-
drogen. Based on data presented in the Smithson.re--
part, a value of 0,89 was used.

Since detalled mass - fractien calculations far large
voiume argon and ammonia fankage requirements are
not available, estimates based on the oxygen data in
the Smithson study have been used in the analysis.
The pertinent parameters are listed in Table 5-13.

in addition to the SPS itself a certain amount of cargo
will be transported to GEQ. The additional load, 120
tonnes (264,555 fbm) for GEO base repair supplies
and 40 tonnes (88,185 lbm) for provisions represents
only a relatively small portion of the total mass.-A more
significant fraction of the total.-mass is represented by
the engine cluster rotators and support structures, dis-

however, a detailed analysis of the engine supports
has not been performed. As it is not clear how fhe
mass of such structures would vary as a function of

‘ather SPS design parameters, it has been neglected in
- this analysis.

Determination of the actual power dsmand of the

- various thruster candidates requires an accounting of

the ‘losses associated with the power conditioning
equipment. It is estimated that the relatively complex
ion engine power conditioning equipment would oper-

. ate at a conversion efficiency of approximately 80%
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(Ref. 5-59). As significantly fewer contro! voltages are
required for the other engines, canversion efficiencies
of 85% have been assumed.

5.5.1.2 COMPARATIVE ANALYSIS OF
ELECTRICAL THRUSTER PERFORMANGE

An exgmination of the relative performance of eleciri-
cal thruster candidates has been performed by iden-
tifving key factors which affect the cost andfor
chances of success of the SPS orbit transfer. Chief
among the factors considerad are;

@. Area of Sb!ar Energy Collection System'

Deployment (collisions, drag).

b. Number of engines (cost, complexity).

. Total Solar Energy Collection System size
(cost),

d. Mass in LEO at start of orbital transfer {cost).
These factors have been calculated for each of the
candidate thrusters employing the assumptions and
data prasented in Sections 5.5.1.1 and 5.1. The results
are tabulated for an initial thrust to mass ratio equal to
gox 107" (Tw =10"") in Table 5-14a, b, c, and d, cor-
responding to a Kennedy launch/300 day degradation

time constant, a Kennady launchf1 20 day degradation

time constant, an Equatarial launch/300 day degrada-
tion time constant, and an Equatorial launch/120 day
degradation time constant, respectively.

A cursory examination of the table will reveal that the
30 cm ion engine requires an extraordinarily large
number of engines--far more than for any of the other
thruster candidates listed. This large number of
thrusters is attributable to the reiatively fow thrust and
small thrust to mass ratio (including associated power
conditioning. equipmeni) of the 30 cm ion engine.
Engines in such numbers would present difficulties in
deployment and servicing and would be prohibitively

-expensive when compared to other altematives. 1t is

for these reasons that the 30 cm jon engine is dis-
missed as a candidate for SPS propulsion and will not
be considered further.

The entries in Tables 5-14a, b, ¢, and d, are arranged
in order of increasing specific impulse. It is interesting
to note that the amount of SECS area deployed or

-equivalently, the power required by each engine type

to accomplish the orbital transfer, also increases in this

order. In fact, the power requirements of the 105 cm :
ion engines are so great thai it is not possible fo use’
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"The total LEQ start mass .data presented in Tables

e ey e P

~ Table 5-~13  MASS FRACTION ESTIMATES

Mass Fraction Fraction of GLOW
Liquid Argon 95 .98
Liquid Hydrogen .83 .89
Liquid Ammonia .97 .98

this engine for the particular mission proffles for which As is expected, the latfitude of the faunch site has a°

the table was generated. Even if lower initial thrust fo significant bearing on the mass of prapellant required.
mass ratios (longer trip times) were considered, the While this is most noticeable in case of the relatively
100 cm engine would still require more engines and a low specific impulse resistojet, where large changes in
greater area of solar array deployment than any of the total LEO mass are indicated, savings in propellant
other electrical thruster candidates remaining under mass and hence propellant and tankage costs on the
active consideration. Thus, in addition to the problems order of 26% may be realized for the relatively high
and penalties associated with a high engine count, a specific. impulse argon-MPD. The vatiation in pro-
relatively large SECS deployment would lead to higher pellant mass, has, in turn, a bearing on the amount of
collision probabilities, larger aerodynamic drag effects, power required for the orbit transfer maneuver.
and greater compensatory SECS growth, making the However, this change is insignificant when compared
100 cm ion engine a rather unattractive candidate. As to compensatory variations in SECS mass assoclated
such, it too will not be considered further in this repart with changes in the rate of radiation degradation or,
as a viable means of OTV propulsive power. when viewed from another perspective, the length of

It is also ntaed in Tables 5-14a, b, ¢, and d, that, quite Errﬁa required to travel through the Van Allen radiation

as expected, a higher LEO start mass is required when ' '

the relatively low specific impulse resistojet is con- A comparative study was performed to evaluate the
sidered for primary propulsion than for any of the other effect of variations in orbital transfer time on the major
cases tabulated. As this corresponds (fairly) directly to factors employed in assessing electrica thruster can-
the number of HLLY launches required, it is an indica- didate tradeoffs. The thrUSt to mass ratlo was varied
tion of the relatively high costs involved in transporting over a range of 3.0 X 10°° go to 3.6 X 10~ go with the
the SPS from LEO to GEO using resistojets. When it is data being plotted in terms of time to go fram LEO to
considered that, for this case, most of the. start mass GEO equivalent altitude, exclusive of plane change.

corresponds fo LHz and its associated tankage, thé* The mission was assumed to originate in a LEO orbit

resistojet looks even more unsatisfactory from an eco- having an inclination of 28.5° (Kennedy launch). An
nomic standpoint (Chapter 8). exponential radiation degradation model with a 120

5-14a, b, ¢, and d, is pictorially presented in coimbined ray.

form in Figure 5-24. The mass data is broken down into Variations in the area of the Solar Energy Collection
three subgroups, (1) MTPS and cargo, (2} SECS, and System that must be deployed to accomplish a mis-
(3) engines, propellants, and tanks fo better assess sion are plotted in Figure 5-25 as a function of time. it
the impact of lattitude of launch and solar cell is noted that extremely large areas must be exposed if
degradation rate variations. A reference line indicating relatively short travel times are considered. This

the nominal SPS plus cargo mass is also provided.  follows from the fact that more engines would be re-
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day time constant was also assumed for the solar aar-
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.Tkable 5-14a

ELECTRICAL THRUSTER PERFORMANCE DATA

o[ [T | RIS AR B o] e ] o
Resistojet | Ly | 1K 423 | 165 (42.7) | 1.7 | 1921 (423.5) 4
Arc~ae_t. NH; 1 s 6327 18.5 (73.8) 3.1 143.5 (316.4) 51
Arc—qet:“ Hp | 3K 5175 38,4 (99.5) 4.5 117.4 (258.5) 56
_"30 cm ION ..Ar"‘ K 1,430,860 | 60,7 (157.2) | 7.3  hze.s (286.2) 58
MPD A | 10K 4414 76,2 (197.4) | 9.3 | 100.1 (220.7) 58
“ _7.1_00 cm ION A | 20K --;- ------------ S IS -
e T . R ) E . .
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" Table 5-14b  ELECTRICAL THRUSTER PERFORMANCE DATA

14

TRIP TIME

st | wor |1, | o e s o e 4 g TR 1
Resistojet |  LHp. 1K 433 21.4 (55.4) 4.9 196.7 (433.8) 48
Arc;éet NH3 1.5K 6616 38,5 (99.75 9.3 A1so.o (330.8) 51
Arc-det LH, 3K 5533 54,3 (140.6) 14,0 125.6 (éi6.7) 56
30 cmlxomi Ar o 5K ﬁ,éb1,s37 90;6 (234.7) 23.9 145.2 (320.3) 58
MPD e | 10K 510} 17.1 (304.8) [ 31.2 1157 (255.1) 58
1oof§m 10N Ar  e SR (O — S (R — -

.
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“Table 5n14§ ELECTRICAL THRUSTER PERFORMANCE DATA

SECS GROWTH

MASS IN LEO

THRU‘STER PROP ézgs Ngmgﬁ}EgFSE%ZAE\F&LE}S{E?SED % 103tonnes (1061bs) TRIII;A%ME
Resistojet VILH?_ K| 347 13,5 (35.0) | 1.4 | 157.6 (347.5) 49
Arc-Jet NH 1.5k 5582 25,1 (15.0) 1.7 126.6 (279.1) 51
| Arc-det jLHz 5 | 4s18 35.8 (92.7) 4,2 109.3 (240.9) 56 | ;
30 cm 'iom, Ar | 5K :.1,363,4()1 57.8 (149.7) | 7.0 123.7 (272.7) . 58
MPD ArlOK | 4325 74.6 (193.2) 9.1 98.1 (216.3) 58 e
100 cm TON L T S S — - |
N
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Table 5-14d  ELECTRICAL THRUSTER PERFORMANCE DATA

MUMBER OF

TRIP TIME

vT“RUSTER ._'PRDP é:gs ENGINES §EE;2A?§?L§§E{))SEDSECS gRO_NTHIosrgﬁﬁﬁeim(%ggibs) DAYS
Rési;tojet-'; Lﬂg 1k§ 354 17.6 (45,6) 4,1 160,8 (354.5) 49
Arc-jet_ NH3 15K 5806 ' 33.6 (87.5) 8.1 131.7 (290.3) 51

| Arc-Jet Ly 3K | 5128 50.?4 (130.5) | 12.9 | 116.3 (255.5)  56
30 cm 10N Ar | 5K 1,517,666 85.9 (222.4) 22.7 137.? (303.‘5). 58
NPD | Ar 10K 5011 116.7 (302.3) | 31.4 113.7 (250.6) 59
100 cm ION | Ar ZOK M [ e ———— | e ——————— -
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FIGURE 5-24 MASS ANALYSIS

quired to provide the faster acceleration rates. As the
thrust to mass ratio is decreased, a trip time may be
found for which the amount of exposed solar cell area
is a minimum. Beyond this point, lower engine power
demands are mere than offset by increases in solar
ce!! deployment necessary to compensate for radiation
degadation. The location and magnitude of this
minimum will, of course, shift in time if a different
degradation time constant is considered.

As it is desirable to expose as little solar cell area as
possible to Van Allen belt radiation, one would like to
operate near the minimum point. However, economic
considerations, as well as collision probability esti-
mates, would probably warrant a somewhat shorter trip
time. The data points corresponding to a thrust to mass
ratio of 10“go seem to be reasonably vell situated
when viewed from this standpoint.

It is noted that the amount of solar cell area deployed if
the argon-MPD were used for primary propulsion is
greater than that required for the other engine types
and twice that required for its nearest competitor, the

hydrogen-arcjet. As a result, the compensaiory solar
array growth of an MPD propelled SPS would be much
larger than that required if any of the other remaining
electrical thruster candidates were employed.

The growth of the total SECS area of the SPS is
depicted in Figure 5-26 as a function of trip time. As
the Solar Energy Collectin System accounts for the
majority of SPS mass, compensatory SECS increases
would increase HLLV costs. Furthermore, since the
cost of increasing the total area of the solar array would
not have to be borne if chemical propulsion were
employed in going to GEO, the costs of SECS growth
must be included as a cost of transportation when
using electrical propulsion (Chapter 8). It is clear, then,
that relatively long trip times would tend to increase
total SPS transportation costs.

An assessment of relative HLLV costs may be made by
considering the total LEO start mass for the SPS and its
associated transportation system. Examining Figure
5-27 it is observed that it may be possible to select an
operating point for which the mass of the SPS, includ-
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FIGURE 5-27 'LEQ START MASS. SENSITIVITY
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ing SECS growth, carge, engines, propeliant, and
tankage is a minimum. The minimum is attributable to
increases in the number and hence, mass of endines
required for very rapid accelerations on the one hand,
and increases in the mass of the Solar Energy Collec-
tion System to account for long exposures to Van Allen
belt radiation on the other. Thus, the location, mag-
nitude, and broadness of this minimum will vary with
mission and engine parameters.

in terms of LEO start mass it would appear that the
most attractive candidates considered for SPS propui-
sion are the argon-MPD and the hydrogen arciet. The
ammenia arciet, which proves to be competitive cost-
wise when SECS growth and prapeliant costs are con-
sidered, does not compare favorably when viewed in
terms of the additional dangers posed by large HLLY
cargos of its toxic propeliant. A launch aborted in the
early stages of flight, presents a potentially hazardous
situation, not only in the vicinity of the launch site, but
downwind as well.

It is observed that when relatively rapid trip times are

‘considered, the argon-MPD propeiled SPS has & lower

LEO start mass than its hydrogen-arcjet propelled
counterpart, This situation is seen to reverse, when
longer trip times are considered, due to the larger
SECS increases required by an MPD vehicle to counter
radiation degradation. It must be noted, however, that

- this result depends strongly on the rate at which solar

cells degrade when exposed to Van Allen belt radia-
tion, ' :

Summing up the case for the various electtical thruster
candidates, it would seem that the hydrogen-arcjet is,
at the present time, the most likely choice for SPS or-
bital transfer propulsion. When compared to the argon-
MPD, its lower power consumption per unit thrust
results in a decreased deployment of the Solar Energy

Collection Systern during LEO to GEQ fransfer. Thus,

an LHz-arcjet propelled SPS would be subjected to
smaller aeradynamic drag effects and would have a
lower space debris collision probability than its argon-
MPD counterpart. [n addition, the sriialler area of solar

cell deployment during its long transit through the Van

Allen belt resuits in less total solar cell degradation, an
effect which can be estimated at best and needs
further study. Since the Solar Energy Collection

System is one of the most massive and expensive

parts of the SPS, radiation degradation would in all pro-

* bability rule out the argon-MPR unless significant ad-
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vances could be made in protective solar cell covers
and the reduction of solar cell weights.

The hydrogen-arcjet seems fo be more favorable than
the argon-MPD from another point of view as well, It
has a more simple design and is further along in its
development (Ref. Section 5-1). Thus, it is more likely
1o be available for primary SPS propulsion in 1995.

5.5.2 Transorbital Configurations

_Alternative configurations in which the SPS may be

transferred from LEQ to GEO have been considered.
Basically, these may be separated into two fundamen-
tal categories--transorbital shipment of the SPS (a) in
one piece, or {b) in the form of modular sections. In
either case, some construction would be required in
GEO as well as LED, although It is apparent that con-
struction requirements in GEO would be more exten-
sive for case (b). -

5.6.21 CONFIGURATION COMPARISONS

A number of advaniages accrue if the SPS is con-
siructed almost entirely in LEQ before being transfer-
red fo GEO. Since low earth orbit is at a much lower
gravitational energy level than geosynchronous orbit,
transportation costs for the consiruction crew, iheir
housing and supplies, as well as the manufaciuring
equipment reguired would be lower as shown in
Chapter 8. Radiation levels, which preclude all but

- emergency EVA in GEO, are relatively lower at LEO

(Section 5.4.3), thus pemitting a limited number of-
extravehicuiar tasks to be performed as necessary. A
third advantage is that the SPS would have to ren-

‘dezvous with a poini above the surface of the earth as

a single unit, a sharp contrast to the multiple ren-
dezvous and complex docklng procedures required for

_ modular sections.

Qribtal transfer of the SPS 'is not without disadvan-
tages, however. As the structure is fabricated, it would
suffer altitude losses due io the effects of aerodynamic
drag (Section 5.4.1). This would become more pro-
nounced as the solar array is deployed resulting in a
reduction of the orbital lifetime of the structure.
Furthermore, as large surface areas of the structure are

" covered, the prohabilify of undergoing a collision with

space debris wouid also increase as shown in Section
5.4,2; an SPS, severely damaged in a collision during

construction or orbital transfer, represents a potentially

more serious collision problem and poses the
possibility of having to make extensive repairs prior to
Jeaving LEO or upon reaching GEO. On the other hand,
small modular sections transferred to GEO as soon as
they are completed, would, individually and as a
whole, have a much higher probability of surviving the
combined construction and orbit transfer phases un-
damaged due to their smaller area and shorter stay in
LEO.

The technique of transporting the SPS in small sec-
tions would not only reduce overall collision pro-
babilities and aerodynamic altitude losses, it would
also permit a certain amount of GEO testing and con-
struction to proceed, even as the remaining portion sof
the SPS were in transit or under construction in LEO.
Economies in propeliant consumption may alse be
realized if the modular technigue is employed. As gra-
vity gradient torques are proportional to the square of
the length, smaller modules would be easier to control
than the larger one-piece satellite. In addition, each
section would, to a first approximation, require propor-
tionally less propeliant than the entire. 8PS as a single
unit. This would tend to reduce average on-orbit boil-
off resulting in an increase in the propeliant mass frac-
tion,

5.5.2.2 MODULE DESIGN

It is proposed that the baseline SPS module design for
low thrust orbital transfer be square in shape. The
selected transfer module configuration is illustrated in
Figure 5-28. Primary. propulsion is provided by two
banks of electrical thrusters located at opposite cor-
nets of the square. They are free to rotate about the roll
axis and, therefore, provide attitude control in pitch
and yaw. Contral about the roll axis is achieved by
relatively small banks of fixed, oppositely directed
thruster pairs located at the other two corners, As these:
thrusters are not required for main propulsion, they
need only be farge enough to counter disturbing tor-
ques such as those produced by the primary thruster
rotators, gravity gradients and aerodynamic drag.

In operation, the module would be positioned so that
its SECS array would be perpendicular to the solar line
of sight to a high degree of accuracy (Appendix M).
The yaw angle would then be adjusted to align the
main thruster banks with the orbital plane. This iner-
tially fixed position permits the primary thruster banks
to provide maximum horizontal thrust over all sunlit
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portions of the orbit. It should be noted that this would
not have been the case had main engines been
placed at all four comers or along the sides. |t does,
howaver, require that the thruster banks make one
complete revolution about the roll axis each orbit.
Electrical power and propeltant would be supplied o
the engines through the shaft, a problem of considera-
bly less complexity than.that associated with the
MPTS rotating joint. A design simplification might be
obtained if redundant thrusters oriented in several fix-
ed directions were employed instead of the rotating
thruster banks. Although such an arangement would
simplify electrical mechanical connections, it would,
of necessity, be associated with thrust vector losses
and wauld result in higher engine, {uel, tankage, and
HLLV costs. S SR

ROTATING
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ENGINE
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A preliminary approximate analysis in Section 3.7 indi-
cates that engine-mounting appears attainable,
although in some cases, additional structure must be
added. Such supplementary structures with engines
wolld necessarily have to be removed wherever they
interfered with modular assembly- in geosynchronous
orbit. Once removed, the extra structure and engine
assemblies could either be fastened fo the SPS under-
carriage, or, if chemical return QTV capability were
provided, ferried back to the assembly region in LEO.

_Considering Figure 5-28 again, it is cbserved ’that the

solar array is deployed only near the center of the
satellite. This arrangement was chosen to lessen the
possibility of daniaging the solar array with the 27

steradian, high velocity exhaust plume of the electric .

op




thrusters. Further protection may be afforded the array
by providing temporary shielding about the perimeter
of the deployed section.

Beneath the array, and shielded from the sun, are the
propellant tanks. This location not only decreases pro-
pellant boil-off (which would be sent through the
thiusters in any event) it reduces the module moment
of inertia as well. On the cther side of the ledger,
however, the propeilant would have to be piped to the
engines over distances of approximately 1.8 km (1.1
miles) which is clearly undesirable, As an aiternative,
fanks could be placed close to the thrusters served by
them. Additional shielding might have to be provided
fo prevent prope!llant boil-off at mass rates in excess of
that required by the fthrusters. This would, however,
lead to a situation where the moments about the roll
and pitch axes vary with time and with respect o each
other.

At the present tirme we are unable o assess all of the
tradeoffs involved with propellant tank placement and
leave it as an open guestion,

. As each module is prepared for orbital transfer it is

loaded with cargo destined for GEO. This cargo con-
sists of consumables and supplies for the GEO opera-
tion as well as MPTS subassemblies which have been
manufactured in LEO or, as in the case of the rotary
joints, preassembled on earth. The cargo weould be
equally apportioned among the 22 modular sections so
that a standard desian may be affected. A portion of
the cargo would be attached on opposite sides of the
module, near the roll axis attitude coritrol thrusters, as

. shown in Figure 5-28; this material would serve as

counterweights to -balance the momenis of inertia
ahout the pitch and rolt axes. The remaining cargo
would be stowed underneath the solar array as close to
the centroid as possible to minimize control moments.
This would be where each of the rotary joints would be
affixed during their separate electrically powered
flights o GEO.

5.6 SUMMARY AND
CONCLUSIONS '

5.6.1 Conclusions

5.6.1.1. The SPS should be assembied in modular sec-
tions in LEQ. As each section is completed it should

- be immediately started an its way to GEQ, carrying a -

cargo of subassemblies as well as provisions and sup-
plies destined for GEO, The antenna rotors would be
included as a part of this cargo.

55.1.2. The shape of the module should be square
with primary propulsion provided by two rofating
clusters of engines located at opposite corners, Only

that part of the solar array necessary for propulsion will

be deployed and the deployed section of the array
should be inthe center portion of the square.

5,6.1.3. The antenna rotator attachment and antenna
construction and array subassembly attachment
should be done in GEQ.

5.6.1.4. The hydrogen, electric arcjet is the most likely
choice for thrusting the modules to GEQ.-

5,6.1.5. Manned operation in LEO can last up io 4
mionths with a shield thickness of 2 glcm within the
present standards for radiation dose limits, if the orbit
does not include the Sauth Atlantic Anomaly.

5.6.1.8. Operation in geosynchronous orbit is possible
for a similar fength of time with the same shield thick-
ness in the absence of solar flare events. It shouid he
possible to park space “junk” {spent engines, tanks,
etc.) around the manned craft in order to reduce the

otherwise extreme shielding requirements of the man-

ned craft proper against solar flare events.

5.6.1.7. Shield thickness for geosynchronous orbit is
considerably greater than that of existing space suits.
Development of improved suits is indicated; the layer
effect could be used to reduce Bremsstrahlung and
there should be strategically placed extra thickness.

- 5.6,1.8. L.egal aspects of radiation standards presently

used for space must be reviewed in terms of applica-
tion fo future crews. These may come under the much
more stringent standards used for industrial radiation
on workers. _ _ .

5.6.1.9. Geomagnetically frapped radiation const[tlites

a severe restriction on the use of solar cells for propul-

- sion in orbital transfer. -

5.6.1.10. The solar cell degradation is calculated to be
81% for an orbital transfer of 54 days, based on an
assumed 9.6 x 10°% degr./rad., (glcm® shield).

5.6.1.11. The solar cell degradation is approximately
35% for 30 years in GEO with a Si crystal and a 1 mil.
quartz case.
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5.6.1.12. The solar aray and the central sections
should be protected from the thiusts exhaust plume,
either by placement or by the addition of shields.

5.6.1.13. Manufacturing capacity will have to be in-
creased o provide the necessary amount of the
chosen propellant.

- 5.6.2 Recommendations:

5.6.2.1. Apply considerable resources to the deve!op-
ment of electrical thrusters.

5.6.2.2. Study the effects of the exhausted propellant
on man's enviranment.

5.6.2.3. Study the possible shielding requirements for
portions of the sateliite.

5.6.2.4. Study the effect of long term exposure of so[ar
cells to Van Allen Bel: radiation.

5.6.2.5. Develop lightweight solar cells and protective
COovers.

5.6.2.6. Study problems invoived with controlling large,
non-rigid struciures.

5.6.2.7. Study methods for assemblmg modular sec-
fions.

56,28, Determine if electrical thrusters may be
returned to LEO for reuse.

5.6.2.9. Study methods for optimizing orbital transfer
through simultaneous plane and altiude changes.

5.6.2.10, Study the long-term, chronic exposure 1o
“low" radiation dose rates,

5.6.2.11. Perform ground iests o simulate hyner—
velocity impacts on compley structures,

5.6.2.12, Design and fly a shuttle payload to monitor
the buildup of objects in earth orbit.

5,6.2.13. Design a collision avoiding system for
spacecraft..

5.68.2.14. lmpose restraints on payloads fo minimize
the amount of debris in space.

5,6.2.15. Institute a program to return ohjects from
space which no.longer serve a useful function.:
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CHAPTER 6

ORBITAL TRANSFER BY

6.1 INTRODUCTION
GROUND RULES

For chemical propulsion, the interorbit region is
characterized by negligible gravitional, solar, and fluid
environment forces. The satellite assembly will be
done at the geosynchronous end of the interorbit
region, hence the cargo will have a high strength to
weight ratio. GEO assernbly also includes a considera-
ble amount of personnel transportation. These require-
menis call for a special vehicle--the chemical orbit
fransfer vehicle (OTV).

In this chapter chemical propulsion is utilized, Specific
considerations have been made only for a system with
a specific impulse of about 460 sec, (i.e., LOX and
LH2). Implicitly, the assumzption is extended to ac-
. celerations greater than 107" and interorbit flight times
in the range from 1/2 to 5§ days. Furthermore, certain
vehicle features are assigned that will require tech-
nology and DDT&E durations prorated to 1990. As an
example, fuel to payload ratios have been taken at
what would currently constitute a high stage fraction
vehicle,

AND

Ultimately, it is expected thata number of vehicles will
be pressed into service. However, what is proposed is
that a single stage type vehicle will be employed and
. that mission diversity will be gained by coupling units
together for mulfiple stage use. The payloads will be
modulized into corresponding integral units and per-
sonnel will be transported in “personnel carrier
modules,” PCM's, which are described in some detail
later. It is also assumed -that an emergency return
capability from GEQ directly to earth will be supplied
that employs the same type of stage. o

‘The siage that has been chosen for this unified ap-
proach is the JSC "nominal” (Ref. 6-1 and 6-2). Vir-
tually all the background data used are from the JSC
“nominal™ vehicle for GEO censtruction ("COTVg'").
: However, the stage size is not restricted and can easily
be scaled up or down with the modaling equation pre-
sented in the discussion of “Cargo Transportation,”

8.3. Modeling equations for gross features of the OTV

CHEMICAL PROPULSION

are developed which are slightly less optimistic than
the JSC "“nominal” but which are in substantial accord.
They enable a quick calculation of flight cost and mass
relationships and are adequate for early stages of
design. One exception to the single vehicle approach
is the small OTV mentioned in the Column-Cable sec-
tion of the Structures chapter (3.4.3} as a means of
{ransporting specialty cargo. There is no incangruity in-
volved, however, since the modeling is considered ap-
plicable for both. ' '

- The consideration of OTV fleet size and the increase

and decrease with the satellite construction rate has
been described in Appendix H. One specific interrela-
tion is the lifetime expectation in round trips, L, Table
6-2,

There will be a staging base at the low earth orbit
{LEO) interface between the heavy lift launch vehicle
transport and the OTV transport. The operations and
facilities are described in the next section along with

~an emphasis on the importance of this link in the

satellite construction sequence.

6.2 LOW EARTH ORBIT STAGING

BASE == ‘

The simplest version of a scenario for satellite con-
sttuction to GEQ would net include a LEO staging

base; Materials and men would flow from earth to the
GEO construction site in an uninterrupted flight,

However, as the introtduction has indicated, a LEG
staging base has been included in the chemical
transport scenario. Thig is because the earth-LEO and
the LEQ-GEO regions have different sets of transport
requirements. There are several reasons why the HLLY
and OTV cannot be considered as simply successive
stages of the same vehicle. The differentiation calls for
a staging base &t the interface, -

"One of the main reasons for the base is that the HLLV

is not man-rated. The shuttle must, therefore, be used
and the personnel carrier that it deploys must be
coupled immediately to a refurbished OTV that is
ready to proceed to GEO. The most crucial reason for a
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Table 6-1 0TV MASS MODELING TABLE

RATIO 1990 EXPECTATION VALUE RANGE
. |
_VEHICLE 9.4 6% ~ 32%
MpAYLOAD
M ANKAGE 6.8
Mo AYLOAD (expendable portion 3 - 6%) 4.% - 0%
in
—%BQEEELBEL 217% 180% - 300%
PAYLOAD
N | B
_LAUNCH 333% 290% - 440%
MoAYLOAD
Table 6-2  OTV FLIGHT COST MODELING
COEFFICIENT 1990 EXPECTATION VALUE RANGE
L 30 10 - 100
fi' 0.36 0.10 - 1.00
"fé" 0,05 10.01 - 0.25
K- . 0.020 0.0034 - 0.227
K 0.0022 0.018 - 0.030
Crrraut = MpL (K oy * Ky)
(M) {MT)  ($M/MT)

101

P Ty S P P N T S o




b

LEQ staging base is, however, propellant economy. To
reach the 2:1 order of ragnitude in the ratio of pro-
peliant to payload, the OTV must either be a single-
stage vehicle that is completely discarded after its trip
to-GEQ, or multiple staging must be employed. Since
the latter has the advantage and economy of hardware
reuse, it has been chosen; with it are the requirements
for refurbishment and leading of propellant WhICh will
in turn require LEO facilities.

The weakest aspect of any chemical propulsion
scenario is the large propellant mass that must be
delivered from earth to LEO. The delivery by HLLY is
the dominant item in the fransportation cost equation
(8.3.4). The weakness is minimized by gaining the
lowest average propellant to payload ratio. That corres-
ponds with minimizing the mass that must be returned
from GEO (e.g., people). Down payload is a severe en-
cumbrance to the average because the ratio required
is four or five times greater (see 6,3.2.2). Therefore, the
mass of propellant that must be lifted from earth in-
Creases.

The existence of a substantial LEO staging base is one
way to minimize the down payload requirement. The
conclusion is, while assembly is necessarily at GEQ,

‘the personnel or equipment that will need to be -

returned must be minimized. This is a reinforcement
of the argument for automated GEO assembly. One ex~
ample of this has been discussed in Section 3.4.3.

The goal in this chapter has been to provide an overall

description of the 1990 expectations for chemical or-
bital transfer and for the required vehicles. The vehicle

" is not described as an assemblage of hardware, but is

specified by the various missions that it will perform.
6.3 CARGO TRANSPORTATION
6.3.1 Vehicle Types and $caling

6.3.1.1 ‘REDUCTION TO THREE
INDEPENDENT VARIABLES

Under the restrictions imposed in the introduction
there will be a single type of OTV. It will resembie

‘Figures 6-1, 6-2, and 6-3, but the mundane items like
. valves, nozzles, fasteners, and structural shapes must

‘be left unspecified at this phase 5f the design. Distinc-
.. tions will be made between types within the specie.

The typtng will be done by establishing values for a set
of pertinent ratios. For example, vehicles are con-
sidered to he dn‘ferent types if there is a launch to

payload ratio of 3,0 and another has a ratio of 3.5, even
though they both employ the same chemical propul-
sion system. The full range of “types” is illustrated by
the last column in Table 6-1.
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In lieu of an exact set of OTV specifications, the inde-
pendent variables must be ordered and reduced
before a final design can be considered. The number
of degrees of freedom allowed the design is reduced
by assigning values o ratios of some of the variables.
This procedure is equivalent to establishing a “type.”
For the maodeling in Sections 6.3.2, 6.3.3; and 6.3.4,
the number of independent variables was three. They
are payload mass, mp , vehicle cost per unit mass, Cy,
and staging. The first and second variables were

“chosen because they seemed to be identifiable as
mission-oriented, The third was chosen because (not

being a magnitude) is was difficult to formulate into
any ratlo
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6.3.1.2 THE ABSOLUTE SIMPLEST MASS
MODEL

In this forerunner to Mass Modeling, a set of ratios is
posed to represent a single-stage fully expended vehi-
cle in a from LEQO to GEQ with current technology.

First, assume that it is a '"10% device;" that the ratio of
inert mass to propellant is 0.1, Second, assume a per-
farmance that achieves a propellant to payload ratio of
2.0. The simple model is now posed with a set of two
ratios. and payload mass as the independent variable.

m _ m
INERT__ g PROPELLANT _ ,
PAYLOAD MpAYLOAD
M auncH = MpAvLoap (10 * 2.0 +0.2)
= 3.2 Mpav) 0D

6.3.1.3 THE ABSOLUTE SIMPLEST FLIGHT
COST MODEL

In this simplified representation, the cost flight is
determined directly from the vehicle cost per mass
and the payload mass. The vehicle is a single-staged
version, but fully reusable with no payload return (for
the distinction between this staging and the one in
6.3.1.2 see Appendix G-5). Furthermore, the vehicle
makes a large number of roundtrips. The total cost per

flight is given by:

“rLignt = 1/50 (o) (mppy) oap)

$il ($M/mT)  (MT)

6.3.1.4 MODELING LIMITS

For all the modeling sections a statement of limitation
is in order.. Rather than repeat the statement in each
section it is presented here and intended to be in-
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 clusive. The contribution of the modeling approach is

one of grouping and simplification rather than any ac-
tion from basic principles. The linear scalings pro-
posed to model gross aspects of the OTV are in-
herently suspect outside ranges of existing ex-
perience. However, all the vehicle types fo be con-
sidered for chemical transport of the SSPS lie beyond
experiential ranges, The extensions are not only in size
but performance level and the more obscure issue of
repeated reuse, The discussion in the following sec-
tions investigates some observed ranges and relative
degree of optimism.

6.3.2 MASS MODELING
6.3.2,1 THE MODEL

The orbital transfer vehicle is to be fully described in
terms of the payload mass and the staging scheme. All
other information is entered as ratios which are con-
sidered fixed during modeling. The model is strictly
linear; however, nonlinear behavior could he in-
troduced at a later date by inserting functions in place
of the constant ratios. :

The mass elements to be considered as tankage (re-
tained and expended), vehicle, propellant, and
payload. The sum of all these will be termed “launch
mass.” The sum of the vehicle and all of the tank
masses will be termed “inert mass.”

M AUNCH T ™pAYLOAD T MPROPELLANT

¥ MINERT .
m m
- p .My
m =m (1 + +
| LAUNCH PAYLQAD MoL  Mp,
.
P
pL

The succeeding sections culminate in determinations
of the three pertinert ratios along with ranges of uncer-

tainty for each and are charted in Table 6-1. The 1880

expectation vehicle is then described as:

M AUNCH = MpAYLOAD (1.000 + 2170 +
0.094 + 0.068)

M_AUNCH = 3.33 MpAYLOAD
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~ form at 2:3 but a more representative value would be

The JSC “nominal” lies within the range established
in Table 6-1. It uses a launch to payload mass ratio of
3.04..The primary difference is in the more optimistic
propellant to payload ratio used by JSC. However, the
J5C vaiue is for a single, no down payload mission,
while the number used here is intended to represent
an average mission as described in 6.3.2.2

6.3.22 MASS MODELING

The 2:1 rule of thumb is used to indicate the mass of
propellant required per unit mass of payload. It has
meaning only for a particular value of the ratio C//lgp,
For LEO-GFO transportation with chemical propulsion,
the value will be taken es 31 (e.q., LZ7=14260 fps
(4346 m/s) and 1gp =460s). The rule also depends on
the stage mass fraction, fg, which will be taken as less
than 0.97, which corresponds to an empty weight of
about 3% of the propeliant weight.

The fuel to payload ratio should be minimized for max-

“imum fuel economy. In that respect nothing can com-

pare with a single-stage vehicle that is deserted after
the flight. Vehicles can easily be designed to meet the
2:1 rule and might even be scaled down to 1.7:1 (fg =
0.97).

The ratio is denoted, P, in Appendix G-5 and is related
fo fg. Appendix G-5 treats the P to fg relationship

-analytically for the two limiting cases of staging. It is

notable that no preflight or during-flight propellant
boil-off has been included. Some maneuvering might
be allowed by the V which is slightly greater than the

‘Hohmann minimum with 28,5 degree plane change in
the second firing. The absolute limit for P is shown to

be exp (A Vilghgg)-1. This limit is not physically
realizable since it represents a zero mass empty vehi-
cle returning to LEO an zero propellant.

Any attempt to return equipment to the original orbit
severely increases the propellant to payload ratio. In
fact, a fully reusable single-stage vehicle cannot reach

" aratio as low as 2:1 and 3:1-would be a more realistic

guideline. "Tug era” design seemed to prefer a 6:1
level. Multiple staging lowers the ratio. A two stags
reusable vehicle with a very low inert weight can per-
2.25 and a "10% device" would get about 2.5:1.

The 2:1 rule of thumb is very optimistic for the type fo
scenarios under consideration. Payload return vehicles
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would operate at only 6:3 to 10:1 and would play some
pertinent part in a GEO construction scheme. For ex-

.ample, if 8:1 cperations were required for as much as
5% of the transport the average value would be raised
to 2.3:1. The long-range average, however, for pre-
dominantly one-way mass fransport might be as low as
2.16:1, therefore, that number will be used in this
model. The latter is 8% more pessimistic than the 2:1
rule of thumb.

6.3.23 VEHICLE TO PAYLOAD RATIOS

The 10% rule of thumb is used to indicate the ratio of
the inert vehicle weight to the propellant weight. The
design range is represented by values fram 5% to 20%.
The JSC nominal (Ref. 6-1 and 6-2) is about 7.5% and
seems reasonable for 1990 technology. In retrospect
the "tug era” design was directed at 10% vehicles,
and was intended to have been operational with cur-
rent technology. (t is notable that the ratio of inert
vehicle weight to propellant weight is directly related
to the staging fraction, fg, (see Fig. G-5) by the equa-
tion (if, MjncRT =Me)

MneRT s

MoROPELLANT ~ Ts

Any reduction in fractional inert weight (from 10%
toward 4%} is important. The fraction represents the
tnass that must fly a roundtrip and therefore has a high-
er propellant requirement per unit mass than a unit of
payload or a unit of propellant. However, the return in-
ert mass is only 12% (9% vehicle + 3% tank) as large
as the payload, and is a 1% further reduction in the rule
of thumb (i.e., 7.5% to 6.5%) would provide a 2% in-
crease in the payload. That increase would require a
13% reduction in the vehicle mass which, at this level,
would cause a severe increase in DDT&E and a
decrease in vehicle reliability.

The 7.5% value would have to be raised to permit man-
rating for use with the PCM described below in 6.4.

6.3.2.4 TANK TO PAYLOAD RATIO

- The 3% rule of thumb has been used fo represent the

mass of tankage per mass of contained propellant. In
this cantext, this ratio is used to represent both LO)_(
and LMz In their respective tanks. It, therefore, does not

represent either, but the average. When converted to -

N N SV
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this basis, different design projections (Ref. 6-3 and
5-4) use ratios from 1.8% to 4%. In this case the con-
ceptual is much smaller--perhaps 1110 as large if a
nonrigid type of containment were used: The scenarios
under consideration for transportation require high
density for earth launch, which necessitates either
filled rigid tanks or collapsed nonrigid tanks. Further,
while the actual LEO-GEOQ flight loads would be small,
staging and refueling operations (see 6.3.4 and 6.3.5)
will induce handling loads which must be considered
dominant. The handling implications are high local
stress and sloshing which tend to rle out nonrigid
containment. In any case it seems that attainments
below the 2% level would incur such a severe penalty
in development and reliability that any gains would be
marginal,

The staging aspect of tankage consideration is
basically established in the ratio of expended tankage
to'total tankage (see 6.3.3.2). The ground rules spelied
out in the first section of this chapter make the ratio 1:2
for a 2-1/2 stage vehicle, and 1:3, 1:4, etc., for other
schemes.

The ratio used in these modelings is based on payload
and not propeltant. The conversion is done with a sim=
ple product of tankage fo propellant ratio with the pro-
pellant to payload ratio.

6.3.3 Flight Cost Modeling
6.3.31 THE MODEL

The model used includes four ele-
ments, They were, (1) the amortized vehicie

cost, (2) the cost for an expendable tank, (3)

the cost of propellant actually used, and (4)
the cost for turnaround. Using L for the amor-
tization life in number of trips:

CrLt =1ACy + CET + Cp+ Cyp  Relating
the cost explicitly to the mass of payload anci using
small *c" for costs per mass:

1, ET) Hy )

\
Coy = My Cy ) (7 (
FLr ™ ML Sy S T CeT Ry

(—-MP )+ C
+c o+
P MPL TA
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The mass ratios have all been itemized in Table 6-1.

‘The intention now is to reduce the remainder of the

equation so that it has only two explicit variables;
payload mass, Mpy_, and cost per mass for the vehicle,
cy. The tank cost per mass is taken to be a fraction of
the vehicle cost, per mass cgyfey = fi. The expecta-
tions for the value of "F1" are discussed below in Sec-
tion 6.3.3.2 and Table 6-3. The turnaround is taken &s
proportional to the total vehicle cost,

: MV
= f,C M
TA 27y MPL

the expecied values for f2 are discussed in Section B
and Table 6-2, The cost of propellant per mass, ¢p, is
spelled out in Section D and summarized in Table 6-2.

- The flight cost is then reduced to:

PL

- 6, + e 1 Gy,
Crry = MpLOy LW+ T Talq i,

. (MP )
+c T
PUPL M,

which is written more simply as:

CrLT =MpL (K cy + K1) 6-2
The sections below evaluate the two constants K
which are given in Table 6-2 with expected ranges.

Example: For a vehicle that transporis a 500 MT

payload and can be built for $1,000 a kilogram, the

flight cost wil! be 11.1 million dofiars.

6.3.3.2 TANKAGE COST

Within the parenthesis in equation 8-1 is the product
of coefficient fi with the mass ratioc Mgp/My. The

modeling conclusion has been o choose the nominal
value of each of these as 0.36; hence, the 36% doubie
rle, The product is 0.13.

The mass ratio Mgp/My is much more well-defined
than fi, which represenis: costs of several types of
hardware lumped. ‘This is based on a 2-1/2 stage vehi-

clz with a single tank expended per flight. If refueling

considerations make it necessary to replace both

1
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Table 6-3

NUMBER OF HLLY LAUNCHES REQUIRED PER SPS FOR EACH AREA

INDICATED

Payload for GEO

LHZ to LEO L02 to LEO

Number of HLLV Launches 122

38 208

Assumptionsﬁ . Each payload for GEO

N -t
.

tanks, this number would double. Then f1 can be esti-
mated from the limits of iis range. Since all the plurmb-
ing and precis’s- machinery is associated with the
vehicle, it is not expected that the tank cost per mass
would exceed the vehicle cost per mass. Therefore,
the maximum for f: was assumed to be 1.00. The

- minimum value of the ratio found by inference for a

variety of vehicles was 0,08. (This is only slightly less

- than the value obtained by setting the cost per flight

equal for expended tanks and vehicles.)

The number derived by inference from the JSC
norninal (Ref. 6-1) was fi =0.36. This was midrange
and seemed o be reasonable. Any further refinement
would require a detailed look at the hardware involved,
Any attempt to recycle the expended tanks would
magnify both factors. That is, the tanks would weigh
more and cost mare per unit mass. For that case, the
expected value of f1 would be 1.0,

6.3.3.3 PROPELLANT COST

The propellant cost is 1 $/Kg. This figure is very impor-
tant to the flight cost and it is seemingly difficult to es-
tablish the price for the tremendous quantities.to be
called for in the fime frame of 1980 anel beyond,
Nevertheless, the figure of 18/Kg seems to be univer-
sally accepted

This cost is derived from the loading ratio of LOX to -z
of 6:1 (adjusted from the 8:1 stoichicmetric). Then the
price of LOX is taken as 6.6 cents/Kg and that of LHz

- -as B.65/Kg: Combmlng the twe gives an average _of

18fKg.

is a unitized 250 tonnes {257.6 tons).

. 365 0TV missions required.
2 common stage OTY used,
. 800 tonnes (882 tons) payload assumed for HLLV.

6.3.3.4 TURNAROUND FRACTIONALIZED

The turnaround costs for an OTV are the softest fum- '

bers involved in estimating flight cost, Certain partions
of the craft might be replaced or refurbished on ccca-
sion but the every-flight tank replacement and refuel-
ing would be expected to dominate and is discussed
in 6.2.5 in some detail.

For modeling purposes the best way to include tur-

naraund cost is to set it as a fraction, fz, of the vehicle -

cost. This fraction is intimately related to the choice of
the amortization life, L. The interrelation is seen in
equation 6-1, so that the latitude in F2 can be taken up
1/L and vice versa. '

For simplicity, the two factors could be lumped and
considered as a single parameter. The only explicit
estimate that was found for any OTV'was 2.3 SMon a
455M vehicle; thus, f2 has-been set at 5% which cor-
responds to an effective replacement life of 20 trips.

' 6.3.4 Staging Rationaie

6.3.4.1 THE COST ASPECTS

The cost aspects of staging stem primarily from the
fechnigue of fuel saving by leaving parts of the equip-

ment along the way. Either the destaged elements

wotuld return independently to be reused or would be

discarded.

The “rules of thumb" discussed previously have the |

staging as an implicit consideration. If the equipment

to be destaged at GEC were fully reusable in SPS con-

struction, the choice would clearly be fo use a one-
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stage expendable vehicle, However, if design does not
permit that possibility, one must include staging to get
reuse and reasonable fuel economy. The ratio of fuel to
nayload decreases with increasing number of stages,
but operations and recoverability considerations will
only permit a small number of stages.

6.3.4.2 RECOVERABILITY ASPECTS

Recoverability aspects of staging are stimulated by
two factors above and beyond cost, First is the desire
not to pollute space with debris, and secondly, to avoid
creating obstacles to navigation. Perhaps the simplest
approach would be to use as many of the destaged
elements as possible and to lump the residual in a
near-GEO orbit where it would be easily avoided and
positioned. .

The most obvious use for fanks is as habitation and
siorage modules. However, since those requirements
are small relative to the number of tanks desiaged at
GEO, other possibilities need to be researched. A
. primie consideration is the use of supplying materiai for
“hard spots" in the satellite structure. One concept is

" fo design the tanks with elements about a thousand
times smaller. These structure-sized elements will be
assembled into a tank: Once the fue! is expended and
it comes into equilibrium temperature at GEO, the ele-
ments will be easily removable.

6.3.4.3. OPERATIONS ASPECTS

Operations aspects of staging preclude many of the
conceptual designs that would appear very favorable
from the cost or recycling points of view. There is first
the operation of reconnoitering and maneuvering to the
LEO staging base. The recovery will worsen with

multiple staging and the intra-vehicle collision pro-

bability must be considered o have an exponential
growth. But the factor most likely to dominate the
multiplicity decision is the complexity of the refurbish-
ment operation.

6.3.5 Mode of Propeilant Resupply
BACKGROUND

- The mode of propellant resupply for the eargo orbital .

transfer vehicles has the potential for influencing

- operations and systems far beyond the primary loca-

tion where resupply physically occurs. Options
selected for propellant resupply can reduce the flex-
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. (19,440 n.m.). These operations interface with the

ibility of these related operations and systemns. Conse-
quently, it is important to examine the impact of these
options on related systems prior o the selection pro-
cess.

There are several reasons for the degree of influence
which propellant resupply exerts on the balance of the f
transportation system. Two of these are presented - ;
below. :

A. Propellants, tankage, and the orbital transfer .
vehicles make up approximately 60% of the average |
HLLY payload with propeliant accounting for about '
B5% (see Figs. 4-11 and 4-12). The magnitude of this
facior can be seen by considering the arbital fransfer |
vehicle configuration illustrated in Figure 8-4. This is a b |
2-1/2 stage vehicle which has expendable propellant |
tanks and is one of two primary LO2/LHz arbital transfer
vehicles discussed in Reference 6-1. It requires 475
fonnes (523.6 tons) of propellants per mission. Hence,
over 173,000 tonnes (190,700 tons) will be required
for the 365 OTV missions needed for each Col-
umn/Cable SPS. i

b. The activity band of OTV operations extends
from a low earth orbit altitude of 500 km (270 n.m.) Up ?
fo a geosynchronous orbit altifude of 36,000 km Ty

L

heavy lift launch vehicle payloads at LEO and witn the
solar power satellite construction site at GEO. Vérious
maneuvers and events which occur in this activity
band are given in Figure 8-5 which is an as- ;
cent/deboost profile for the 2-1/2 stage OTV refered to o
in reason a, abova,

GROUND RULES:

a. Uncertainties inthe physical characterlstlcs of
the materials requited at the solar power sateliite
construction site prevented a detalled analyms of
prospective payloads. - -

N

b. This study addresses the transportation
system during ihe early years of the solar power
satellite placement scenario "B.”

€. Nopattitioning and reassemblmg of payloads
which have been delivered to LEO but are required at
GEO is performed at the LEO siaging base. Only
unitized cargo, which is ready for mating withOTV's
would be received at the LEO base. : .

d. The twomodes of propellani rESLIpply
ccnsrdered are both feasible. -

ab
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e. The various payload configurations con-

sidered for the HLLY and the OTV are technically feasi-
ble in the sense that they meet density, safety, center
of gravity, and other constraints imposed by the vehi-
cle. ’
Two options of OTV propeilant resupply are considered
here; the first is transfer of propellant tanks and the
second is transfer of propellants. Combinations were
not examined, Several of the areas which are in-
fluenced by alterations in the mode of propellant
resupply are listed in Figure 6-6. The impact of the two
resupply options on each of the four categeties given
in Figure 6-6 will now be explored.

[ FROPELLANT RESUPPLY | .

CARGO ORBITAL TRANSFER VEHICLE
DESIGN
PROPELLANT TANK REQUIREMENTS

HEAVY LIFT LAUNCH VEHICLE PAYLOAD
DESIGN AND MODEL OF DELIVERY TO LEO
FROPELLANT TANK REQUIREMENTS

SPACE TRASH
QUANTITY AND NATURE OF EXPENDABLES
:SOLUTION AND COSTS

~———={ LEO STAGING BASE OPERATIONS B

“suggest that the OTV profiles given in"

FIGURE 6-6 [NFLUENCES OF MODE OF PROPELLANT
RESUPPLY

6.3.5:1 IMPACT ON THE ORBITAL
TRANSFER VEHICLE

TRANSFER OF TANKS OPTION

DESIGN--The baseline 2-1/2 stage OTV would have a
modular design. The expendable components con-
sisting of stage 1 and stage 2 drop tanks would incar-
porate into their structure most of the tankage system
required for LOz/LHz propellants, auxiliary proptlsion
system propellants and fuel cell reactants (if required).
The propellant feed system would be designed to

- facilitate component interchange. The reusable com-

ponent or core of stage 1 would consist of engines,
avionics, and additional reusable systems. The care of
stage 2 would be similar except it would have suffi-
cient propellant for return to LEO after deploying
payload and the stage 2 expendable tank at GEQ.

PROPELLANT TANK REQUIREMENTS--A primary driver
of propellant tank design i8 its expendability: An op-
posing but equally significant driver is loss of
cryogenics (due to seepage, boil-off, etc.) which is de-
pendent in part upon the duration of the mission and
the degree of insulation in the tank design.  Mission
duration refers to the time elapsed between initial
earth launch of the propeliant tanks as part of an HLLV
payload and return of the OTV stages to the LEO stag-
ing area. Maximum loss of propellants will occur bet-
ween earth launch and the initial OTV burn at LEO.
Propellant losses are controllable in several ways. A
tankage systems consisting of a pressure vessel,
polyureathane foam and honeycomb was considered
as Reference 6-4. This particular system was capable
of propellant losses of less than 2% for a seven day
period. Another requiremnent for tanks might result from
the need to dock the expended fanks for temporary

storage or to dispose of the tanks. It would be

beneficial to provide the necessary physical configura-

“tion for that capability in the initial design. Finally,
since OTV propellant tanks and propellants make up

60% of the HLLY payload, packing, stacking, and load-
ing constraints imposed by the HLLV payload con-
figuration may influence tank design.

For example, payload diameters of 15

meters for the heavy lift launch vehi-
cles are being considered. This would

Figure 6-7 might be more accurate di-
mension wise than those in Figure 6-4.

V _ 15m ——imm | I“_‘I[sm _'i
= =

. -
5 . 2 LHp
.. LHz
(A =TT Iﬁ“ﬂ_ﬁl
e w?%LN | DUAL TANK
CONFIGURATIO ’ . CONFIGURATION

{NOT SCALED) {NOT SCALED)

FIGURE 6-7 .ORBITAL TRANSFER -VEHICLE PROFILES
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TRANSFER OF PROPELLANT OPTION |

DESIGN--The OTV stages should be compatible with
the propeliant transfer systeni. The baseline OTV -
design for the transfer of propellant option would be a
two common stage vehicie with both stages having the
configuration of stage 1 in Figure 6-4. Propeliant tanks
are not assumed detachable. With regard to this two
stage OTV, systems which on a per mission basis
require maintenance (for example, flushing of the
tankage systems) or which may require replacement
(for example, the auxiliary propulsion systermn
propellant tanks and fuel cell reactants) should be
accessible. It should be noted that each stage of this
two stage OTV returns to LEO intact.

PROPELLANT TANK REQUIREMENTS--The tankage
system would have a lifetime consistent with the
balance of the OTV systems. The design should
minimize boil-off, seepage, and losses which result
from propellant transfer. The propellant feed and fill
system should be appropriate for the LEO propellant
transfer station environment and degree of man
involvement,

6.3.5.2 IMPACT ON THE HEAVY LIFT
LAUNCH VEHICLE PAYLOAD

TRANSFER OF TANKS OPTION

DESIGN AND MODE OF DELIVERY TO LEO--This is in-
dependent of other factors if a chemical OTV is used
with the characteristics and configurations considered
in this section. Then it will be necessary to transport 2
Kg (Ib) of propellants to LEO for each Kg (Ib) of
payload to.GEO, Most of the HLLV missions will-

transport significant quantities of propellant. If it is

assumed that mixed HLLV payloads of propellanis and
GEO bound payloads are acceptable then potential

CHLLY: payloads can be specified. The frame. of

refererice is the 2-1/2 stage OTV with a 250 tonnes
(275.5 tons) payload to GEQ. Figure 6-8 gives several
potential HLLV payload compositions: Reference lines

- at the 450 to 900 fonrie levels are indicated since thay
represent baseline payload capabilities of stine of the .

heayy lift launch vehicles considered in Reference
6-2. Assuming the three configurations in Figure 6-8
are compatible with HLLV loading constraints, it would
seem that future sizing of HLLY payloads should be
closer to the 800 metric ton (882 tons) range. Ancther
alternative would be to scale up the OTV charac-
teristics including payload capability.

e e e e e e qee
900 TONNE LEVE'
800~ . —10MS AND —IGMS AND
ISHROQUD -l 0”5
700 |- NN SO\ vz
2 PATLOAD Pavioat P3P
S so0 10 Esc\r TD GEO ;TAHK
pur | — 3
z NN/
= 500 L e N o /
> PR (NN N P N —_
d R e =
T . 400 - PAYLOAD[— 250  |“PROP PROP.{ o 450
70 oral TOMNES|-Tafk b TanK TORNES
w BACH |, [+ L/ EACH
5wl Y] A
o b 2 o
2 z00f [ / )
ACP RGP PRQP.
[ 100 TANK _ggﬁﬁssﬁﬁx Tk
,fy(//j EACH :’y I ,/
o /; ///

FIGURE 6-8 POTENTIAL HLLY PAYLOAD COMPOSITIONS

TRANSPORTATION SCENARIO |

The second configuration considered in Figure 6-8 will
be used as a baseline operation. It will be referred fo
as Transportation Scenario [. This scenaric was

- selected due to its operational simplicity, The se-

quence of events for Scenario | from earth launch to
GEO deployment of cargo follows:

SEQUENCE OF EVENTS FOR SCENARIO |
EVENT:

a. Shroud contained GEO bound payload of 250
tonnes (275.6 tons) mated with two OTV expendable
propellant tanks and propellants. '

b. HLLV delivers its 800 fonnes (882 tons)

payload to elliptical orbit. The OMS burn places the

payload inta LEQ.
c. (1) The lower OTV expendable fank is mated
with an OTV core propusion unit o form stage 1.
(2) The upper OTV expendable tank (still
‘docked with the GEO bound payload) is mated with
another OTV core to form the second stage of the OTV,
(3) Stage 1 is docked with stage 2 and the
OTV is deployed and checked out.
. Stage-1 bumn ocours
- e« Stage 2 burn and stage 1 separation occur
f. Stage 1 returns {o LEQ,
g. {1) Stage 2 cumlanzatlon burn puts stage 2
and payload into GEQ,
(2) Payload and expendable tank undocked
from stage 2 core. -
‘b Stage 1 deorbit maneuver cceurs.
" i« Stage 2:deorbit maneuver occurs.
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Figure 6-9 gives a schematic of the sequence of

" events for Scenario .

HLLY PAYLOAD BOD TONNES (BB2 TOHS)
0TvY 24 STAGE LO,/LHa
50 MiSSION, PAYLOAD 250 TONNES (275,6 TONS)

=1
STAGE 2 CORE ®
RETURNS 70 LEO~——~ (&)

EXPENDABLE

TANK, -
CORE \

FIGURE 6-9 EARTH T0Q.GEQ DELIVERY
TRANSPORTATION SCENARIO I

" Propeliant tank reqmrements for the transfer of tanks

opt:on has already been discussed,

TRANSFER OF PROPELLANT. OPTION

'DESIGN AND MODE OF DELIVERY TO LEO--This op-

tion assumes the existence of a method of refueling or-
bital transfer vehicles in LEQO from large propellant
tanks brought to LEO from earth. The refuel method

- might employ an artificial gravity idea. It is assumed
- that unitized payloads for GEO of 250 tonnes (275.6

tons) are delivered-to LEO. In addition, large propellant

 tanks suitable for mating with the refuelmg station ar-

rive petiodically.
PROPELLANT TANK REQUIHEM_ENTS—-Th_e signifi-

. cance of the role that the cryogenic tankage systerns

play in the SPS transportation scenarios suggested
that a brief study of a potential system would be of
value. Two basic designs for a LO2/LH: -tankage
system for a chemical propulsion stage have been
considered by J. C. Smithson of the Power Generation
Branch in Reference 6-4. Ground rules and mission re-

. -guirements are provided in that study. The data below

have been modified to refiect performance for a seven
day mission.
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LHz TANK CHARACTERISTICS

The LHz tank is assumed to be cylindrical with ellip-
sodial heads of mejordiamter D and a minor diameter
of D/ ~ 2 where D = 15.24 meters (50 ft.). The total
length is 36.24 meters (119 ft.). A pressure vessel
forms the inner wall which is'in turn surrounded by
7.62 em (3 inches) of polyureathane foam. The outer
waI! is high phenolic resin honeycomb

Gross Weight 453, 6 tonnes (500 toris)
Volume 5,849.6 m® (208,577 ft°)
Liquid Residual 7,620 kg (16,799 1bs.)
. -Pressurant Gas 1,448 kg (3,192 Ibs.)
" Beil-off (7 day mission) 5,909 kg (13,027 Ibs.)
Structure (inert wt.) 50,486 kg (111,303 Ibs.) -

Available Impulse Propellant equals:
- 453.6 - 65.5 =388.1 tonnes (428 tons)

LO2 TANK CHARACTERISTICS

* The LOz tank is assumed to be spherical with diameter

9.13 meters (30 ft.). The insulation system is identical
to that of the LH2 fank except the foam has a thickness
of 15.24 cm (6 mches)

Gross Weight 453 B tonnes (500 tons)

Volume 397.7 m° (14,045 it%)

Liquid Residual 4,309 kg (9,500 Ibs.)

Pressurant Gas 1,148 kg (2,531 Ibs.)

Botl-off 706 kg (1,556 Ibs.)

Structure (inert wt.) 8,947 ka (21,929 |bs.)
Available Impulse Propel[ant equals

453.6 - 16,1 =437.5 tonnes (482 tons)
Each of the above tanks are assumed compatible with
payload requirements of an HLLV with a 450 tonnes
(500 tons) payload capacity. The LHz tank would pro-
vide sufficient propellant for 11 OTV stages while the
LO:z tank would refuel only two OTV stagss. This
assumes minimal propellant loss during transfer.

TRANSPORTATION SCENARIO If |
In order to be consistent with Scenario |, we assume an

HLLV payload capacity of 800 tonnes. An LO2 tank _
sized for 800 tonnes (882 tons) HLLV payload can ~

deliver 710 tonnes (783 tons) of propellant to LEO.
This provides propellant for 3.5 OTV stages, including

_OMS and shroud penalty. An LHz tank sized for the 800

tonnes (882 tons) payload capability should be able to
deliver 650 metric tons (716.5 tons) of LHz to LEO. This




will refuel 19 single OTV stages, and due to boil-off
losses, its delivery would occur after delivery of some
GEOQ payload and LOz refueling. It is assumed that 3
unitized 250 tonne {275.6 tons) GEO payloads can be

delivered in an HLLY. The number of HLLV launches

required for each of three areas discussed above is
given in Table 6-3. Figure 6-10 provides a visual in-

terpretation of Scenario Il

HLLY PAYLOQAD BOO TGNHES(832 TONS)
OTV 2 COMMON STAGES
FULLY REUSABLE, 30 MISSIONS

7 PAYLDAD 250 TDN{IES(E?S.G TONS)

DOCK 0TV,
STAGES ANgr

=y 1=}

DEPLOYING, FOR
GEQ BELIVERY

~
s
S
PART|AL.-
SHROUD
e
() BDO-TONNES
TN PAYLOAD

FIGURE 6-10 HLLV PAYLOADS
TRANSPORTATION SCENARIO It

6.3.5.3 IMPACT ON THE SPACE TRASH
PROBLEM
Delivery, construction, and assembly of a solar power

satellite of the magnitude studied will result in subs-
tantial quantities of discarded items. These items will

~ range in mass from a few grams up 1o several tons and

in volume up to 450 cubic meters (15,892 ft°). Ex-
perience has indicated that space missions can be
limited in duration by waste accumulation due to the
number of personnel, amount of construction, and time
duration of the project; provisions will need to be made
for the systematic elimination of expended items. Po-
tential sources of expendable items are indicated in
Figure 6-11. The primaty concern, in keeping with the
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. EXPENDABLE PROPELLANT TANKS
AND HLLV SHROUDS

SUPPORT FACILITIES,
STAGING BASES

EXPENDED
PROPULSION
STAGES CREW QUARTERS

CONST/MFG FACILITIES

FIGURE &-1l SOME SOURCES OF EXPENDABLE ITEMS

mode of propellant resupply, shall be with expendakle
propellant tanks. Since the propellant tanks of
Scenarios | and Il are of concern in this section, it was
necessary to establish some of the characteristics of

-the tankage systems for the two OTV. configurations.

Linear extrapolation of the tankage data in Section
6.3.5.2 was assumed valid for the range considered.
The ratio of LO2 to LHz was taken as 6 to 1.

LH2 TANK CHARACTERISTICS

Inert weight per stage 3.7 tonnes (4.08 tons)
Volume 433 m° (15,290 ft°)
LH2 weight 34 tonnes (37.5 tons)

LOz2 TANK CHARACTERISTICS

Inert weight per stage 4. 5 tonnes {4.96 tons)
Volume 178 m® (6,286 %)
LO:2 weight 204 tonnes {225 tons)

6.3.54 IMPACT ON THE STAGING BASE
OPERATION

TRANSFER OF TANKS OPTION--This option would
need a docking area for mating expendable tanks with
OTV core units and the petsonne! required for this
function. It is cansidered to impose the least require-
ments on the LEO staging base and to require the least
technological advances,

TRANSFER OF PROPELLANT OPTION--This option
would require development of a scheme of propellant
transfer in space and the machinery necessary to ac-
complish the actual transfer. Transfer of large pro-

pellant tanks to the machinery and conect/disconnect

operations would be required. Propellant |losses would

T P ST AT




need to be minimized. OTV uniis would require move-
ment to and from the propellant fransfer site. These
reasons suggest that this option would be the most
complex of the two and require technological ad-

-vances.

6.4 PERSONNEL

TRANSPORTATION

The following study of transportation of personnel for

- the solar satellite power system was undertaken in

order to determine how a systematic movement of per-
sonnel between earth and GEO could be achieved,
and, in addition, to provide cost data for this phase of
the transportation system. The study will address the
personnel carrier module (FCM) and to a lesser extent
the use of the personnel arbital transfer vehicle. The
first part involving the PCM is an effort to establish a
system having uncomplicated logistics and utilizing
the hypothesized OTV fieet as opposed to the creatlon
of a separate POTV fleet,

5.4.1
Personnel Carrier Mzdule

6.4.1.1 BACKGROUND AND RELAT‘E
FACTORS

One alternative to the use of the personnel orbital
transfer vehicle which is required for electrical propul-
sion systems is a personnel carrier module. The PCM
would be carried from earth to LEO internally in the
payload of an.orbiter, modified orbiter, or SSTO. Tran-

- sition of the module from LEO o GEO would be

achieved by docking the PCM with a cargo orbital
fransfer vehicle. Several factors suggest that a PCM
capable of transporting in excess of 50 passengers

would represent an optimal method of personnel .

transportation from the dual viewpoint of cost and
logistics. These factors are:

a. Nodevelopmentof a POTV WOuld be requured

b. Frequency of OTV missions to GEO would cer- -

tainly meet rotational requirements of construction and
support personnel required at the SPS site. Baseline
data indicated that approximately 365 missions per

“8PS per year would be required of the OTV fleet with a

vehicle payload capability of 250 metric tons (275.6
tons). Estimated average man frips for the COL-

"UMN/CABLE SPS configuration is 780 and 940 for the

Truss cﬁhfiguration (Ref. 6-2).
€. Total mission time from the deployment of the

OTV and payload including the PCM at the LEO stag- -

ing base until deployment of the payload and PCM at
the SPS construction site at GEO would be less than
one day.

-d« Rescue capability wcﬁl’ - not require addi-
tional standby units as in the case of the POTV due fo
the size of the OTV fleet and OTV mission frequency.

€. Refurbishment and maintenance of the PCM
fleet should be more cost effective than in the case of
a POTV fleet,

f. In the event of an OTV malfunction, the
transfer of the PCM from the vicinity of the failure to
another rescue OTV would be similar to the operations
required, for personnel transfer from one POTV fo
another rescue POTV. :

6.4.1.2 REQUIREMENTS

The personnel carrier madule shall be capable of pro-
viding 1ife support to a TBD number of personne! which

- are to be transported from earth to a GEO caonstruction

site. Module transportation from earth to LEO will be by
arbiter or modified orbiter, The module will be part of
the payload of an OTV from LEO to GEO. The extent of
man rated capability needed by the OTV will be deter-
mined by mission requirements. The exact capacity of
the PCM will be determined by canstraints imposed by
the 8PS construction scenario and by the physical
constraints of weight and dimension imposed on the
PCM by cornpatibility with the orbiter or medified or-
biter. -Figure 6-13 gives the mission events sequence
for the PCM.

MISSION REOUIREMENTS

site for Jaunch and recovery shall be the same location
as that for the Shuttle or modified shuttle. Secondary
docking sites are at LEO and GEO staging hases

capablllty and rescue are to be determlneca. o
c. EMERGENCY STAY TIME--Life support shall

e prowded for emergency passenger stay time inthe = .

PCM of at least 48 hours.

d. PASSIVE DOCKING--The PCM shall be capa-
ble of passive dacking in LEO or GEO for an indefinite
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.. @& DOCKING SITE--The primary PCM. docking -

N U U

“b. ABORT CAPABILITY--The extent’ of abort -
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the LEO or GEO staging bases. sion abort where the OTV has a PCM as payload and

: . J= ENVIRONMENT REQUIREMENTS--The PCM

/ " T shall meet the conditions of the natural and induced
- \ 3 environments of the combined, PCM, Earth Launch
SR Vehicles, and OTV systems during all phases of opera-
=P tion, ground and flight. This includes Van Allen Belt

emo  transition.
APCM DEPLOYED AT GEOWITH CARGO

SSECoun Pl WL oUT B K. REUSABILITY REQUIREMENTS--The PCM
T i § A7 S should be capable of a significant number of missions.
SECOND PCM DEFLOYED AT LEQ {2 STAGE) N . " "
STaNG BSE DY Refurbishment shouid be operationally simple consist-

ing of the reconstitution of most systems by removal
-and replacement.

EVENTS
| PERSONMNEL CARRIER MODLE
LAUNCHED W ORBITER PAYLOAD BaY
2PC)4 DEPLOYED AT LEO BASE
3PcM DOCKER WITH OTV

ORBIER
BSECGND PCM RETURNS TO EARTH
VIAGRBITER . _ )

! MENTS--Interfaces will exist between the PCM and
_ 5 / _ operation centers including the earth launch system to
—= ' support the necessary coordination, information

transfer, etc. Interface candidates would include voice

/;—:‘&"mi:e\ ' communications, computer to computer data transfer,
oRemER T _ and transmission of facsimile and video, The PCM
' shall be capable of monitoring critical functions of the
OTV with override capability. '

M. SAFETY REQUIREMENTS--The PCM should
be equipped with a fail-safe locator beacon and have
FIGURE G-13 MISSION EVENTS SEQUENGE FOR PERSONNEL limited self-deploy ability in the event of an aborted

CARRIER MODULE OTV mission,

6.4.1.3 CONCERNS

period. One concem is the manner of docking and the location
of the PCM relative to the OTV and cargo which may

PERFORMANCE REQUIREMENTS _ . constitute the balance of the OTV payload. Related to
€. PASSENGER CAPACITY--The PCM shall be the above problem is the need fo determine what type
capable of transporting at least 50 passengers to either of event could oceur which would result in an OTV mis-

e

hence a rescue mission would be required. Conse-

f. ENERGY REQUIREMENTS--The PCM shall be ‘quently, it is required to find the iype of interfaces ..

capable of meeting all mission related energy require- which should exist bewteen the OTV and PCM and to

“ments including those resulting from an aborted OTV ot evtent the PCM shouid be able to self-deploy in
* missjon where rescue Is required. | the event of an OTV accident.

g. LIFE SUPPORT REQUIREMENTS--The PCM

shall be capable of meeting all life support require- 6.4.1 '4. PHYSICAL CHARACTERISTICSS

ments for all passengers for a five day time period.  The problem of establishing personne! transportation

costs required assumptions concerning baseline con-

h. STRUCTURAL REQUIREMENTS--The PCM figurations. This section includes the.necessary =

structure shalil be compatible with the launch loads, baseline data and illustrative figures. Figure 6-14 indi-

dimension requirements, and mating requirements as- cates that deployment of the PCM from the orbiterhas - -

sociated with the appropriate Earth Launch Vehicle.  occurred at LFO and that dooking of the PO or

i« DOCKING: REQUIREMENTS--The PCM will transfer to GEO by OTV is to occur shortly. A view of a
mest docking requirements as imposed by the Earth personnel carrier module and physical data are given

and rescue mission requirements. , Reference 6-2. -/

5
h
7

Launch Vehicle, the OTV, LEO/GEO staging bases, in Figure 6-15. Data and Figure 6-15 are from -
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FIGURE 6-14 TRANSFER AT LEQ OF GEQ BOUND
PASSENGER MODULE FROM
e ORBITER TO OTVY

Payload (in metric tons)
_Stages
Isp, sec.

 ‘Mass Fraction

Total Inert Weight (metric tons)

Prop. Weight (metric tons)

 Expended Tank Inert Weight
- (metric tons) - . B

Flight Cost $M/F1t.
- FTight Turnaround, days

Mission Life
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It was necessary to dstermine the magnitude of the

penalty that a PCM would impose ¢ti“axnormal 2580

tonnes (275.6 tons) OTV paylozd. That is, it was re-

quired to calculate the amount of offloading of the
cargo payload needed at LEO in order to deploy and
retrieve a PCM at GEO. Gus Babb of the Advanced
Mission Design Branch has provided technical assis-
tance for this section. The range of OTV having the
2-1* stage configuration given in Figure 6-4 are de-

scribed as follows:

Min, Nom, Max., -
250 250 250
2-1/2  2-1/2 2-1/2
470 460 455
.94 .93 a2
29 35 43
4535 475 aga
7 9 11
5 10 20
5 7 e
50 30 20
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The PCM is assumed fo have a capacity of 100 pas-
sengers and have a gross weight of 30 tonnes (33
tons) {included 20% contingency). |t was necessary to
assign a weight decomposition for the stages of the
OTV to obtain a first approximation to the offloading re-

quired. This is summarized below:
Expendable Tank Stage 2 9 fonnes (9.92 tons)
Stage 2 Core 10 tonnes (11.02 tons)
Stage 1 16 tonnes (17.6 tons)

The conclusions in metric tons are as follows:

OFF LOADING PAYLOAD RETURN PAYLOAD
(PENALTY) T0 GEQ TO GEO
Equatorial Launch {0°) 130 %0 t:ngg; cargo PCM
KSC Launch (28.5°) 150 70 tonnes cargo poy

An aliemative to offloading is that one ét..ge of the
OTV is capable of deploying and retrieving a PCM at
GEQ, but no additienal payioad capabillty exists,

COST SUMMARY

Costs for DDT&E and TFU for the.personnel carrier
module have been estimated at -3150M and $7M

. respectively. Lifetime should be. in excess of 1000

missians, The following conclusions are ‘based on'an
equatorial launch site. The division of the $10M per
flight cost of the OTV is determined by assigning nor-

- mal cost of $40/kg to the 90,000 kgs. (198,416 Ibs.) of

cargo and the balance fo personnel Thus we have:

Cargo Transportation $3.6M

Personnel Transportation $6.4M
Thls resulis in.a round trip transportatlon cost of
$64,000 per man,

SUMMARY
 1f the following aSsumtions are valid, namely;
. The solar power satellite is to be constructed

. or assembled in GEO;

" B. Adedicated chernical propulsion system such
as the OTV system will be used as the transportation
mode: from LEO to GEQ;

" G The concems of 6.4.1.3 regarding safety can
be resolved without imposing significant cost
penalties upon the OTV and PCM systems;

d. Projected personnel requirements at the GEQ
site are not altered significantly;

then, prefiminary considerations of the personnel car-
rier module as parasitic payload of th& Shuttle and OTV

seem to suggest this mode of passenger {iansportation °

-as being the optimal method as regards costs, opera-
tional simplicity, and flexibility, The PCM will be the

baseline mode of passenger travel for the chemical

propulsion system

6.4.2 Personnel Orbital ’I'ransfer
Vehlcle

6 4.2.1 BACKGROUND

In the event electrical- propulsion is the mode of
transportation from LEO to GEO for the solar power
satellite program, then a number of faciors suggest the
need for a special purpose chemical delivery system
These factors include: )

A. Electrical propulsmn of modules (if required)
of the SPS from LEO to GEO will mvowe a trip time of
approximately 54 days. .

b. Environmental hazards to personnel being
moved on board the SPS in support bases would be
significant. These hazards include radiation dangers

from passage through the Van Allen Belt and the pro-

bability of a collision of the SPS with space debris.
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€. There may be a need of additional high
priority equipment and cargo at GEO,

d. Transportation will be required to return con-
struction/support persannel from GEO and to meet re-
auiremenis of mainienance crews.

Hence, for partial construction at LEO of the SPS, a
dedicated personne! orbital transfer vehicle (POTV)
will be needed. This study did not address the POTV
concept; however, in the interest of completeness,
certain aspects of this type of vehicle will be provided.
The source of this data is section VI-E of |nitial Techni-
cal, Environmental, and Economic Evaluation of Space
Solar Power Concepts (JSC 11443},

6.4.2.2 DISCUSSION

The normal POTV mission is initiated at LEO onera-
tional altitudes and After deploying and/isr retrieving a
module at GEO, the vehicle returns to LEQ for subse-
quent docking at the staging base. The POTV is able to
reenter the abuve cycle after refurbishment, servicing,
refueling, and testing.

Potential payloads for the POTV include passenger
carrier modules, station resupply modules, and crew
modules for a GEO sortie. The PCM which was first
considered in 6.4.1 would again be transferred by the
orbiter from earth fo LEQC. However, the POTV would
provide the propulsion system for transfer of the PCM
from LEO to GEO. The resupply module would provide
replenishment of the GEO station consumables, sup-
pliss, and equipment necessary for 180 days. All com-
ponents of the POTY concept including the stages of
the POTV and the modules are assumed compatible
witk: the Orbiter payload bay. The range of POTV is
given as follows:

Min. Nom. Max.

Passengers 75 75 75
Isp,. sec. 470 462 455

‘Mass Fraction (i) .89 .89 .88
Inert Weight, MT 17 19 23

Prop up, M7~ - 93 106 126

Prop down, MT a7 53 63

Flight Cost, $M/F1t. 7 12 22

Mission Life 50 30 20
117

This results in a nominal $/passenger cost of
$160,000. Figure 6-16 illustrates the configuration and
some characteristics of a POTV.

: smaes -f

HENGTH 33 20m
: DIAM-4 52m
TOTAL WESGHT 128 TONNES

-

f STAGE R
t:r'l %
2?... } l LH, TatR g, At

COMMOH STEGE L0, #LH,
UIFE 30 MISSOHS
PRILOAD 7% PASSEHGERS +20 TONMES (U]

75 PASSENGERS {DONE
{Zed STICE CEQ 0 FROPELLANY WEIGHT 105 TONKES
sh2mii HKUMBER OF ENGHES AT 66720 HEWTONS EMH
- 4 ENCINES

STAGEY
STALER 2 ENGHES

FIGLRE 6-16 PERSONNEL ORBITAL TRANSFER VEHICLE {POTV ) CHARACTERISTICS
{FIGURE TT-10 OF REF&-1] t

6.5 SUMMARY AND CONCLUSION

For minimum DDT&E and cperational simpilicity, the
orbital transfer vehicle (OTV) fleet should be com-
posed of vehicles which employ a single stage type—
the "unistage.” The unistage will be baselined by the
second stage of the JSC nominal vehicle, All OTV's
will be made from integral combinations of unistages.

Modeis have been posed fo generate gross mass and
flight cost feafures of the “unistage.” The models use
a reduction of independent variables o enable a linear
scaling in terms of payload mass, vehicle cost per
mass, and the staging.

A description is given of a "'personnel carrier module,”
PCM, to be used far interorbit personnel transpori. The
module is shuttle {modified) compatible and with 100
passengers it can be flown round trip by a single
unistage with no other payload. If a 2-1/2 stage vehicle
is used, the PCM will cause an “offloading” of payload
proportional to the number of personne! transporied.

For cargo transport, two unistages will be used
together with a 260 m.t. payload. The mission will be
flown as 2-1/2 stage, however, and the second drop
tank will alsc be left upon return to LEQ. That is, two
tanks will be disposed for each round trip--one at GEO
and one at LEQ.,

Transportation must be provided for disposal of unusa-
ble items, predominately expended tanks at LEOQ and
GEO. The GEO tanks will be clustered in groups of 13
and taken to escape by a retired stage. The LEO tanks
will be attached in pairs o an OMS core and forced to
reenter the atmosphere and return to earth. These
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schemes for disposal will require additional propellant
to be brought up from earth,

The ektreme propellant penalty that must be paid for
return payload strangly reinforces the idea that person-
nel in GEQ must be minimized; hence, automation
should be maximized.

Multiple staging is necessary for propellant economy
{ie. M "MpL =2) and a LED staging base is necess-
ary for repeated reuse of unistage cores (life of 30
trips). The propellant resupply and core refurbishment
operations will neetc a support station,

RESEARCH AND DEVELOPMENT SUGGESTIONS

a. DDT&E is needed on repetitive firing-refur-
hishment-docking-propellant-resupply operations se-
quence for large numbets of cycles on modeled ver-
sions of the chemical OTV.

b. A Mission/Traffic model should be developed
for outflights of cargo, round frip flights of the Person-
nel Module; and flights for disposal.

¢. A compatibility study should be made for the
interfacing of the OTV and HLLVY. One of the main
aspects is envisicned to be partitioning and reassem-
bly of cargo. The impacts on the LEO staging base will
alsc be included.

d. DDT&E is needed for tanks that can be
recycled spontaneocusly (l.e., without returning . the
material to bulk form). The categories fo be considered
should include structure, habitation, electrical grid
“hard spots,” and counter weights. This is a transpor-
tation cost driver.

e. Design should be made for tanks that minim-
ize boil-off of LMz and minimize basis cost for those not
recyclable,

f. Power schemes need to be developed forthe
equipment at the LEO staging base for refurbishment
and structure fabrication that wilt be operational before
the array is deployed. The propellant resupply scheme
would be employed fo run smalil turbo generators or
fuel celts,

6.5 CONCLUSIONS

The two commaon stage OTV can have an LHz/LO:
tankage system capable of boil-off losses of less than
2% for a seven day mission if an inert tanekge weight
per siage of 9 tonnes (9.92 tons} is acceptable.
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The 2-1/2 stage OTV can have an expendable tankage
system capable of similar performance if an expenda-
ble tank weight of approximately i1 tonnes (12.12
tons) per stage is acceptable.

TRANSFER OF TANKS OPTION

QUANTITY AND NATURE OF EXPENDABLES--Scenario
| will be considered. it used the 2-1/2 stage OTV with
ooth stages having expendable tanks. The expendable
tanks weigh between 8 and 11 metric tons. Each OTV
mission results in one expendable tank deposited in
(GEO and in LEQ. Thus per SPS, 365 tanks are left in
each orbit with a iotal mass between 3,285 (3,621
tons) and 4,015 tonnes (4,426 tons). For reference,
the total mass in both orbits is equal to approximately
9% of the SPS mass.

SOLUTION AND COSTS--Preliminary estimates of the
number of expended tanks which could be incorpor-
ated into the GEO support base or used for disposal of
waste generated by all opertions at the GEO construc-
tion bases are in the range of 10 to 20% Henry Wolbers
of McDonnel-Douglas Astronautics Company has indi-
cated that each person ina space station requires ap-
proximately 5.66 m® (200 %) of living space. If it is
assumed that living space constitutes about 20% of the
volume Jnecessary for working space then 28.3 m°

(1000 %) will be requued per person. Assuming a usa-
ble space of 400 m" (14,126 %) pertHe tank and a
personnel loading of 500 it is concluded that 36 tanks
are required for the GEQ support bases. Due fo uncer-
tainty about potential uses of tanks, a procedure was

created which would allow for disposal of all excess

expended tanks at a modest cost.

The method assumes that tanks given an escape
velocity do not constittte a future menace. Expended
tanks at GEQ are grouped until 26 tanks are available.
An OTV second stage which has completed 27 mis-
sions would be mated with another stage in LEO.
Offloading of 35 tonnes (38.5 tons) of the 250 tonnes
of cargo would be done prior to launch, The second
stage of the OTV would arrive at GEO with 215 fonnes

{237 tons) of payload and approximately 45 {onnes

(49.6 tons) of excess propellant. This second stage
would not return to LEO but would be mated with six
expended tanks in parailel. An additional seven tanks
would be reversed and docked in series to the initial
cluster. This dual cluster of 14 expended tanks having
a mass of approximately 136 tonnes (150 tons) would




then use the excess propellant in the second stage to
achieve escape velocity. A first stage which has com-
pleted its mission quota would be mounted as a sec-
ond stage for another OTV at LEQ. Offloading of cargo
wotlld oceur and in this way the above sequence could
be repeated with a first stage. Orbits higher than GEO
but not assuming escape irajectories could be aob-
tained at less cost. The costs of disposing of 14 tanks
excluding operations required in GEO would be $1.4
million or $100,000 per tank. if tank construction is
costed at $60/kg, then construction and disposal of ex-
pendable tanks costs about $.75 million each unit.

Disposal of the 365 tanks at LEO would be achieved by
using the OMS units. The OMS units which pefform the
circularization for the LEO orbit would be augmented
by about .5 tonne of propeliants prior to earth launch.
The expended tanks would be reverse docked and
mated with the OMS unit. This configuration would be
retrofired for reentry into the Indian Qcean. it would be
necessary to assume restart capability for the OMS,
Recovery of the OMS was not considered. The cost of
this operation was not addressed but should be
minimal. Environmental impact on the Indian Ocean
was not considered, Figure 6-12 illustrates these oper-

tions.
@ {4 EXPENDED TANKS AND OTV

PROPULSION STAGE
- {BURN ACHIEVES EITHER
HIGH ORBIT QUTSIDE GEO
OR ESCAPE TRAJECTORY )
\N-

o

LEO

2 EXPENDED TANKS AND OMS
PROPULSION STAGE

~ (RETROFIRE FOR RE-ENTRY

INTO ATMOSPHERE} | . X
2%

57

GHMS

FIGURE 6-12 TANK DI‘_S_POSAL FOR SCENARIO T
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TRANSFER OF PROPELLANT OPTION

QUANTITY AND NATURE OF EXPENDABLES--Scenario
Il will be considered as representative of the propellant
transfer mode. Table 6-3 provides part of the required
data. Since an LHz tank of the size considered may not
meet ‘HLLV payload density and dimension con-
straints, it may be necessary to have more frequent but
smaller deliveries of hydrogen, However, for computa-
fianal purposes, we assume the scenario is feasible.
Seenario Il will result in 38 LH2 tanks with an inert
weight of 85.5 fonnes (94.2 tons) and 208 LO:2 tanks
with an inert weight of 16.2 tonnes (17.9 tons) left in
LEO. In addition, 26 OTV stages will be expended.

SOLUTION AND COSTS-It is assumed that the tanks
will serve as waste receplors prior to disposal. Disposal
will be done according to the methods of the previous
scenario. Since each tank is delivered by an OMS unit,
it will be assumed that an additional three metric tons
of propellant is provided for each OMS prior ta earth
launch for each LH= tank fo be returned. The increment
for the LO2 tank is .5 meiric tons. Subsequent fo the
propellant transfer, the tanks would be remated with
the OMS units and refrofired into the Indian Ocean.
The tanks would not be recovered. Expendable LHz
tanks would cost $5.1 miliion and LOz tanks $1 million
each. Tank elimination including penalties and opera-
tional cost should not exceed 5.1 million each. OTV's
would be expended as in Scenario | after completing
thelr mission quota.

Table 6-4 lists the alternatives as regards disposal of
expendable items. The modes of elimination dis-
cussed in this section were more characteristic of the
early period of the SPS program. A mature program
with compietion of several satellites a year would in-
troduce the potential of uiilizing the recycle alterna-
tives in Table 6-4 more fully,
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Table 6-4 EXPENDABLE ITEMS -
THE ALTERNATIVES

1. LEAVE IN ORBIT
e TAKE NO ACTION
@ CREATE JUNKYARD

2, DISPQOSE OF ITEMS
@ INSERT--ESCAPE TRAJECTORY
® REINSERT--FARTH'S ATMOSPHERE

3. RECYCLE _
¢ USE IN UNMODIFIED FORM
¢ USE IN COMPATIBLE STRUCTURES
s PROCESS FOR REFABRICATION

CHAPTER 6
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CHAPTER 7
CONSTRUCTION OF SOLAR POWER SATELLITE:
FABRICATION AND ASSEMBLY

7.1 INTRCDUCTION

The suceessful construction of a solar power satellite
(SPS) depends on the availability of efficient structural
fabrication and assembly techniques. The very large
size and low operational density of the SPS structure
dictate the necessity of having space fabrication of the
structural elemenis and a high degree of automation
for assembly. The fabrication and assembly methods
will have profound impacts on the transportation re-
guirements and cost.

This chapter will discuss the construction and deploy-
ment of the solar blanket, the canstruction of the power
disttibution system, and the construction of the
microwave fransmitiing antenna. The contro! system,
which is essential to successful 8PS construction and
operation will also be discussed, At the present time,
the technology for space fabrication and assembly has
not been developed, so emphasis will ba more on the
identification of key technology issues rather than on

specific methodologies of fabrication and assembly. .

The influence of fabrication and assembly methods on
the transportational cost is stressed.

7.2 TECHNOLOGY ISSUES

7.2.1 Sclar

Blahket and
Structures -

7.21.1 STRUCTURES

In concept, the technological issues involved with the .
structure are simple. A machine must be developed

having the capabilities of high speed and high ac-
curacy faor the fabrication of the array structure. High
accuracy machines on eéarth tend to be massive; the
mass required for a machine of this type in space is
unknown. The actual material to be used in the
fabrication of the structure is also unknown at this time.

The two rmost likely material candidates are a hollow

-aluminum alloy tubing and a graphite epoxy compound

(Ref. 7-1). From a mass production point of view, the
aluminum is attractive. Rolls of aluminum foif could be

shipped into orbit and fabricated into hollow cylinders.
One could envision -a machine patierned after a
cigarette machine, producing milliens of rolled
cigarettes perday. The rolled aluminum should be pro-
duced with the ends accurately contoured to allow for
electron beam welding of the individua! pieces without
any crimping or bending of the aluminum cylinder.

Crimping of the aluminum will drastically alter its resis--

tance to buckling. Electron beam welding would be
desirable since it would not add mass to the structure.
Small sections, typically one meter in length, are used
to farm a friangle, then these are uséd to form bigger
friangles, etc., until one has a completed truss struc-
ture of rolled aluminum as illustrated in Figures 3-6 to
312 :

Another concept of construction envisions a graphite
epoxy unit coming from a mold. Units 20 m x 30 m
could be molded in a work station and then assembled
cuiside into the fruss structure. Again there are severe
problems. Assuming thata curing time of about twenty
minutes per unit is needed before the unit can be
handled, and assuming there are 10 of these units
needed for the truss, then almost 10° days would be
needed for one machine to produce all the required
truss material. Based on this estimate, six of these

-machines would be needed to complete the truss

structure in six months.

7.21.2 SOLAR BLANKET

The technological issues involved in fabricating the
solar blanket are much more complex than those of the
structure, Ideally, a solar blanket is fo be developed
which can yield a ten percent efficiency at an operat-
ing temperature of 100°C, be radiation resistant
enough to have a thirty year lifetime, be low enough in
mass so that transportation costs are not prehibitive,
and be low enough in cost so as to allow the project to
be cost competitive Too often, an improvement in one
of these areas is made at the expense of at [east ane of
the others, Each of these areas will be considered sep~
arately. : . ,
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A typical bulk p-n junction solar cell is shown in Figure
7-1. A minimum amount of energy, Eq, is needed to
excite a charge carrier into the condugction band; the
gap energy depends upon the structure of the energy
bands. Because of contact potentials associated with
the n and p type materials there is an equilibrium dis-
tribution of positive and nedative charge carriers at the
p-n junction even in the absence of light, This
equilibrium distribution arises from a basic law of ther-
modynamics that the Fermi level, or chemica! poten-
tial, of two sysiems in contact must be equal. In a
simplistic view, this distribution may be consideted as
a parallel plate capacitor at a voltage ¢ the contact po-
tential difference. When photons of energy greater
than Eq4 are absorbed in the bulk material, electron-
hole pairs are formed, Consider one of these electron-

hole pairs in the p-type material. The electrorn would

be termed a minority carrier. If it exists in this free state
long enough to drift to the charge distribution, it will go
across the junction and thereby lower the equilibrium
contact potential difference by an amount V. It is this
difference, V, which appears as a measurable voliage
across the device, The fractional change occurring in
the number of charge carriers on either side of the
junction is given by exp (ey/kt). When V is zero, there
is no change occurring or no cutput voltage. As the
temperature increases, the device efficiency therefore
decreases because the fractional change in charge
carriers has decreased, A hole (4) in the n-type
material is the minority carrier, and the above analysis
can be repeated for holes. The p-n junction then,
serves as an effective charge separator for electron-
hole pairs created by radiation. '

The electrical current available from the device will
depend upon the band gap of the material and the
lifetime of the minorify carriers. The minority cariier
can recombine direcily in the bulk material, be in-
duced by several mechanisms to recombine at the sur-
face, and be induced to recornbine in the bulk due to
radiative impurities, Since holes have a lower relative
rmobility the junction in Figure 7-1(b) is shown formed
very close to the surface,

For a given carrier [ifetime, the device current is given
by (Ref. 7-2)

g _, :

(7.2.1)
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FIGURE 7-1 TYPICAL P-N JUNCTION SOLAR CELL

where » is the photon frequency, Q, the collection
efficiency, and Npy the photon density. Since there is
no output at photon energies iess than Eg, the lower
limit of integration must start at the gap energy. Using
the spectral density function of sunlight, one finds that
the output current must decrease as the gap energy in-
creases. The dependence of current on E is easy 1o
see; the situation is more difficult when considering
the device voltage. In a simple representation, the out-
put voliage is due to the rate =* which electron-hole
pairs combine; if they have a long lifetime, a large
charge imbalance will build up across the junction
before equilibrium is achieved. The difference In
energy between the electron and hole in the free state
is Eq. The probability of their combination decreases
as the gap energy increases, and the output power
therefore goes through a maximum as a function of gap
energy, see Figure 7-2. '

The {heoretical efficiency is also a function of tem-
perature; the thermal vibrations of the crystat reduce
the effective lifetime of the carriers and decrease the
fractional percentage of charge carriers. The tem-
perature dependence of the theoretical efficiency is
given in Figure 7-2. From these curves, the maximum
efficiency of silicon at room temperature is about 20
percent; at 100°C it is down to about 13 percent.
Silicon does not have the best theoretical charac-
teristics amoeng the elements shown in Figure 7-2, still
it is the most widely used, mainly because of worker
familiarity.
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DIFFERENT TEMPERATURES
(REE 7-2)

GaAs is very near the peak In Figures 7-2 and 7-3. Its
theoretical efficiency does not decrease as rapidly as
that of silicon because of its larger band gap. In actual
devices, though, silicon outperforms GaAs and is
cheaper. I better performing matetials are to be

_ developed by 1985, there must be more fundamental

work done in understanding the basic physics ef the
device, GaAs shows high promise as a thin film device
because of its high absorption coefficient, « . As indi-
cated in Figure 7-3, the major portion of incoming

- radiation is absorbed within a distance « = of the sur-

face. This implies that solar cells of GaAs could be
about 1 p thick. Possibly, the reason one does not ob-
tain good devices with these thin films is that too little
is known about the behavior of junctions close to the
surface. if an empirical understanding is emphasized
toward the goal of obtaining efficient devices then the
tendency ‘would probably be toward improving the
quality of silicon devices, A breakthrough i obtaining
better -efficiencies with materials Ii.2 GaAs would
have the added benefit that the radiation resistance
qualities would be improved also.

7.2.1.3 RADIATION RESISTANCE

The radiation resistance of the solar cells is 2 strong
function of the thickress of the glass shield covering
the cell. An experimental satellite containing various
types of solar ceils has been siudied by Lincoln
Laboratory over a six anc' one-haif year period (Ref.
7-3).
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FIGURE 7-3 ABSORPTION CONSTANT e VERSUS
ENERGY (REF 7-2)

Radiation cover thicknesses of one and six mils were
studied. The best performance was by silicon cells
having a six mil thick glass cover and ion implanted
impurities. Sharp drops of about two percent occurred
during a period of high solar flare activity, from which
the cells never recovered, The time needed for effi-

ciency o decay to one-half of its original value varied

from 30 to 100 years, based on an exirapolation of
data,

At this point in time, the allowable amount of decay in .

efficiency is not known. If the solar array is considered
dead when ¢ decreases by 20%, then the allowable
range is 300-2000 days. These numbers illustrate the

need fora continuous regutation of the voltage building

components of the array.

The monitored power output of the cells studied by
Lincoln Lahoratory exhibited two distinct decay slopes,

attributed to slow and fast proton bombardmient: There

are other possibilities for this degradation; this sug-
gests the need for explicit studies in space of radiation

damage to cells. It is quite conceivable that there are

high speed dust particles in space that could in effect

sand blast the anti-reflective coating off the outside of

the protective glass cover. When that is done, the

-overall efficiency will decrease mare rapidly for the
sarne radiation flux because the light intensity into the

cell will be decreased, It is not known at this time if
the power loss is due to radiation effects alone. The
radiation could also be damaging the glass cover plate
faster than it is damaging the cell. Another possibility
is that the radiation affects the minority carriers in the
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two sides of the junction at two different times. There
must be an improvement in the fundamental unders-

tanding of radiation effects before the directions for
technological advances can be charted.

Previous mention was made of the inherent radiation

“resistance of thin film devices employing GaAs. A

simplified explanation of this behaviar is the following.
The carrier lifetime and mean free path in GaAs is
small, There must be a very large concentration of
radiation defects in the semiconductor crystal before
the minority carrier, on the average, can live long
enough to encounter one. When the carrfer ap-
proaches a radiation defect (a radioactive particle
which penetrated the crystal and displaced a lattice
atom) it is induced to recombine. Typical solar cells do
riot become -seriously affected by radiation until the
total particle flux has reached about 10"/em?® For a
solar cell 0.2 mm thick with these radiation defects
evenly spread throughout the crystal, there will be
about 1 » distance between defects. |f the order of
magnitude of the carrier mean free path is smaller than
this, the carrier is scattered by intrinsic impurities,
phonons (lattice vibrations), and doner or acceptor
atoms, Thus, radiation effects can be expected to
become very serious when the radiation defect dis-
tance is comparable to the carier mean free path.

Very little is known at the present time about the self-

~ annealing properties of solar cells under the operating

conditions of the SPS. Most radiation studies have
been made uiilizing monoenergetic beams of
electrons or protons, and annealing sfudies have
usually been done at room temperature. One radiation
study (Ref. 7-4) found that after irradiatiri% two sets of
cells with an integrated flux of 10"%cm® of 1 MEV
electrons, the set at 90°C had an efficiency about 3%
higher than the set af 28°C. This is significant; from the

theoretical curves of efficiency versus temperature for

silicon in Figure 7-2, a 50% drop in cell efficiency
could be expected going from 28°C to 90°C.

7.2.2 Power Distribution System-

The power distribution system is a dc network which
consists of fwo parts. One is on the solar exergy col-
lector side for combined electric current from every
solar cell; the other is on the microwave antenna side
for delivering required power to each dc-rf converter
(amplitron or klysiron). A rotary joint is used to bridge
these two parts. S _
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Low loss and high flexibility are the primary considera-
tions for the power distribution system. The power dis-
tribution logic is given in Figure 7-4. Low loss medns
less heat generated within the distribution conductors;
resistance is lower and deployment of fewer additional
solar cells is required. The minimum power loss will be
determined among three factors: (1) conductor total
weight; (2) additional solar blanket deployment; and
(3).heat dissipation rate. The relationship between (1)
and (2) has been studied (Ref. 7-5) and an optimum
current density is determined by the equation:

J :.I_= .._p_
A er

(7.2,2) |

“Where:

J = current density in the conductor,

| = electric current,

A = cross-section area of the conductor,

p = specific weight of the canductor,
- pg =Tresistivity of the conductor,

K = solar blanket constant.

The configuration geometry of the conductor is a very
important factor in power distribution, and can be
determined by A in Equation 7.2.2. The conductorsur-
face area, S, given by Equation 7.2.4, i3 derived as

follows: let the per unit length power loss and thermal -

dissipation rate be p dnd q respectively, then:
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p= =Rl pe(llA)l =pgoll +a(T- To)]llA
(7.2.3)
g=0.€.8 (T - Tm)‘ (7.2.4)
where: .

R = Resistance per unit length,

P en = resistivity of the conductor at room tem-
perature,

o =thermal coefficient of the conductoar,

T = canductor temperature,

Tg =room temperature,

o = Stefan-Boltzmann constant,

e. = therman emissivity of the conductor,

S =surface area per unit length of the condue-
ior, . . .
Top = environmental equilibrium temperature.
Since pgg, @, o, and € are constants, for a given |
and a maximum temperature T, Eguations 7.2.3 and
7.2.4 yield the following relationship.

S =KuA (7.44)
where K1 is a constant.

As an example, if aluminum is the conductor and | =
tthm AMP, T =150°C, and K =213 x 10-° kafw,

Ki =3.08 x10°m"

A=115x 10‘3m2

S =268 m°
The simplest geometrtca! conflguratlon satisfying
these data would be a flat sheet with a width of 1.34 m
and a thickness of 0.86 mm. Next simplest might be a
thin tubular conductor with a diameter of 0.85 m and
thickness of 0.43 mm.

High-flexibility requires a thorough design of the dc
distribution network fo minimize the transient effects
as the system state changes. The design should also
provide for quick isolation from the traubled area in

case: any short-circuit occurs so that the rest of the

system would function properly without any intetrup-
tion.

7.2.3 Microwave Transmitting
Antenna

For tiansmitting large amounts of power from space to

earth, a microwave power transmission system (MPTS)

{Ref. 7-6 and 7-7) was selected because a microwave
beam can transverse the atmosphere with small at-
_ tenuation under all k_n_own disturbances. The technical

requirements of the necessary microwave system will
have been met in all likefihood should the SPS be
deployed in the 1995 timeframe.

Figure 7-5 illustrates the concept of space to earth
microwave power transmission system and the corres-
ponding functional blacks are shown in Figure 7-6. In

this section only the construction of the subsystems in -

space will be considered.
Efficiency is a prime consideration in any transmission

systerm; it appears that the SPS elements must

average over 80% if the overall efficiency is fo be
around 60%. For efficiency reasons, the antenna was
chosen to be of the order of 1 km in diameter and the
frequency was selected to be 2.45 GHz. At this fre-
quency there is minimum aftenuation due to at-
maspheric disturbance.

Having introduced scale and frequency considera-
tions, attention will now be given to the technical
aspects of the major building blé.cks. The areas of criti-
cal technology requiring pnorlty attention will be sum-
marized.
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+

~ FIGURE 7-86 MPTS FUNCTIONAL -
DIAGRAM [REF.7-6]
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7.2.3.1 DC TO RF CONVERSION

In this study two generic types of devices were ex-
amined for converting dc power to rf power at
microwave frequencies: the amplitron or crossed field
amplifier, and the klystron which is a linear beam
device. In current usage the amplitron is characterized
by high efficiency and low gain; the klystron is known
for moderately high efficiency, high gain, and low
noise. -

The cross-sectional view of an amplitron and a klystron
designed at 2.45 GHz are shown in Figures 7-7 and
7-8 respectively. A summary of specific weight,
specific cost, and power budget for the amplitron and .
klystron is given in Table 7-1.

A first glance at Table 7-1 may indicate ihat the
amplitron is a better choice than the kiystron since the
efficiency is several percent higher, the specific
weight is only one-third, and the specific cost is less.
However, the klystron may have two potential advan-
tages over the amplitron: (1} fewer higher power tubes
may simplify the assembly task, and (2) low noise and
narrow band-width reduce radio frequency inter-
ference, offsetting the need for heavy and troublesome
filters.

RF QUTPUT

7.2.3.2 TRANSMITTING ANTENNA AND
PHASE FRONT CONTROL

Goubau and Schwering (Ref. 7-8) showed
theoretically that microwave power can be transferred
at high efficiency when the transmitting antenna is il-
luminated with an amplitude distribution that in near
Gaussian, as illustrated for the MPTS in Figure 7-9, and
when the phase front of the beam is focused on the
receiving antenna. For the extreme transmission dis-
tance from GEO, the curvature of the phase front is very
slight, but nevertheless the front must be confrolled
with high precision to maintain high efficiency.

One approach to control of the phase front to the re-
quired precision requires that the antenna be sectored
into numerous subarrays. A typica!l quadrant for an an-
tenna on the order of 1 Km in diameter is shown in
Figure 7-10. The figure alsa gives an example of how
the array could be organized to provide the necessary
center to edge amplitude taper. Selection of 10mx 10
m size subarrays tends to minimize the power loss due
to thermal distortion and mechanical offset from at-
titude control limit cycling. Phase control electronics
must be present in each subarray so that there will be
a trade-off of power loss versus conirols cost.
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FIGURE 7-7 AMPLITRON ASSEMBLY (REE 7-5)
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" Efficiency and safety needs dictate that a closed loop

form of contro! should be implemented for phase front

-or beami formation. Two approaches, adaptive and

command, have been formulated and are illustrated in
Figure 7-11. The slotted waveguide approach tc subar-
ray design is selected because it has very high anten-
na efficiency while also serving as an efficient means
to distribute the microwave power from the de-if con-
verters to the radiating elements.

7.2.3.3 POINTING CONTROL

Fine pointing by electronic phase control can direct
the power beam to an accuracy of about 0.04 arc sec
(about 7M at earth), but there will be reduced efficien-
cy if mechanical pointing is not reasonably accurate.
An error of 1 arc sec, corresponding to a power loss
under 1%, was selected for the design goal and is ac-
complished with control in elevation and asimuth as
shown in Figure 7-12. The azimuth rotary joint is lo-
cated at the mast interface with a solar ariented power
source for which relative rotation is 360° per day. Addi-
tional artenna motion in azimuth and elevation is re-
quired fo compensate for spacecraft {power source)
limit cycling which would nominally be on the order of

- 1 degree (Ref. 7-9). Details of the rotary joint are given

in Figure 7-13. Power is carried across the azimuth in-
terface by silver alloy brushes and slip rings, and
across the elevation drive by flexible cable where mo-

~ tion is fimited to =8 degrees.

Table 7-1  DC-RF CONVERTER PARAMETERS

specific Weight
Specific Cost

| Power 'Budg et

RF Qutput Power
Total Power lLoss -
DC Input Power
Gross Efficiency

5 Kw Amplitron 48 Kw Klystron
0,33 g/w 1.01 g/w
0.018 $/w 0.039 $/w
5000 w . 48362 W
747w o 12698 w
5747 w 61060 w
871% 79.2%
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_Therm’éi analysis of the overall system wil! be a key -

aspect of further study sinee distortion and bending
affect the error budget for beam phase control and the
determination of maximum heat flux density that can
be tolerated at the center of the antenna and stili stay
within the structural material temperature {imit,

7.3 FABRICATION  AND

ASSEMBLY

7:3.1 Solar Blartket and Structure

. The fabrication and assembly of the solar blanket and

structure will be discussed assuming both automated
and manual type of construction. There are two

reasons for this, First, only by comparison of the labor-

costs, transportation costs, and completion times can
one decide whether itis really worthwhile to develop a

. space manufacturing industry. If it.is more feasible for

man to perform many of the work functions, and if man
can complete the wark before being exposed to a po-
tentially dangerous radiation dosage, then it may not
tig ‘worth the risk of developing. and deploying
sophisticated machinery in GEQ. The second reason is

that these hypothetical machines simply may not exist

at the time they are needed.
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7.3.1.1 THE MANUAL MODE

* For simplicily in visualization of modular construction, and curing time. It is assumed that during the curing

assume that the support fer the solar bianket will be time material for the next unit will be loaded and pre-
the truss type (Ref, 7-1). The manual dexterity required pared in a hopper and work crews will have taken out
in the handling of hollaw tube aluminum far the struc- and placed the previous unit so that everything is
ture, the welding, &tc., is prohibitive. In the manual ready for the next unit. Assuming construction of 72
mode, a basic unit must be molded in a work station Units per day, about 2 days of structural work wili be re-~ .
and conveniently attached to others. One convenient quired before a corresponding section of solar cells
basic unit could be a 30 m x 20 m braced section, can be attached to form a basic truss module. Overall
molded so that one piece would have a circular cross-  construction would proceed with four work crews, each
section while its counterpart an the other side of the warking out from the center on their own rectangular
unit would be an open cup-like structure into which the  section. Assuming an automated molding press, the
cylindrical piece would snap, as shown in Figuré 7-14. support personne! for each work crew would include

The 30 m length units couls-then be made into larger an engineer to supervise structure alignment, two

bearms. The triangular cross-section of the truss beam warkers to load material into the machine, a machine
could be constructed with the same pieces. By over- operator, two workers to unload finished material, and

- lapping-the three triangular cross-section pieces, the a four man construction crew outside. Counting

structure would be self-aligning and would notrequire workers to supervise docking and resupplying, there
-cementing of the cup-cylinder joints. are a total of 104 for two work shifts forthe entire struc-
ture, The wark crews should be able to complete thé

N 4 . N ‘
Approximately. 3 x 10° of the basic units would be stnucture well within the estimated six months max-

needed for the stucture. The limiting factor in an  jmum radiation exposure time (Ref. 7-1). At a hy-

idealized construction situation envisioned here would pothhetical yearly cost of $80,000 per man, the labor

he the curing time needed for the compositeé meld. An cost, spfead over -one year {o include training, etc.,

estimate of twenty minutes per unit is used for molding  would be.about eight million dollars.
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The cost of the work stations is estimated to range from
1 to 6.4 million dollars per man-year, including
transportation costs. This results in an estimated life
support-wark station cost ranging from 52 to 332
mililon dollars. The life support work station then is the
driving cost factor in the fabrication and construction of
the array structure. in the manual mode that factor will
probably override the material costs also.

The solar blanket must cover an area of 58 x 10° m?
when using reflectors at 2:1 concentration ratio. This
assumes a 10% solar cell efficiency at 100°C and
energy conversion systems such that 15GW of dc
power from the cells yields 10GW on the ground.
Based on present celis, each 5 cm x 8 cm solar cell
would produce about 0.5 valtand 2.5 amip of current, or
about 312 Wlm taking into account ineffective areas.
The solar b!anket mass would have io be about 23 x
10° Kg based on a 50 . m thick solar cell and a 75
pm rad|at[on shleld The blanket densrty is then 0.339
Kgim®.

The blanket stnps would be folded much like a road-
map, with 1 m? pleces as the basic unit and sent to
GEO. Within each 1 m” unit the cells could be used in
series sc that each represents 125 V and 2.6 amp. The
hinged folds between the blanket units would aiso be
the electrical connectors. After the first basic module
of the structure is assembled, that area would be
available for solar cells. At the halfway point a con-
ducting cable can be strung across the open area. All
the cells up to the cable could be run in series to buiid
the voltage to about 40 Kv at 2.5 amp. The strip next to
this one can be fastened to it by rigid male-female
connectors, wired so that the two strips are in parallel,
A segment can then be producing about 40 KV at 533
amp. The next half of this rectangle can be wired in
parallel with it so that the basic rectangle beunded by
the structure is producing 1066 amp at 40 KV. The
electrical cable across this basic rectangle could con-
nect to the two aluminum reflectors on either side of
the cell array. This is illusirated in Figure 7-15,

Once a central module of the structure is completed,
warkers can start assembling the blanket, spreading
out in four directions as the structural workers move
out, In each newly constructed structural module two
groups of workers can be working, starting from two
opposite corners and working toward the central cable.
The speed at which the blanket strip can be deployed
is going to be limited by the rigidity of the blanket it-
seff. It is estimated that 128 workers wouid be needed
o deploy the blanket in about 130 days. This amounts
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FIGURE 7-15 BASIC SOLAR CELL MODULE POWER DISTRIBUTION
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to labor and life support costs slightly larger than that
for building the structure. Aluminum costs for the
reflector amount to about $10 million based on current
aluminuim foil costs.

The more significant cost factos will probably be the
material cost for the solar blanket. The present cost for
a single solar cell is about S2/KWH. Based on pro-
jected research and development funding, ERDA esti-
mates that the 1985 cost of large scale terrestrial solar
cells will be $0.5/wait, or $7.5 billion for 15 GW in
space. At present, because of the much higher quality
control requirements for space usage, solar cell costs
tend ia be about ten times higher far space applica-
tions. Thus, the ERDA estimate of §7.5 billion far the
solar blanket may well be a lower limit. This limit can
he approached only by a better understanding of the
cell behaviar and response to radiation. Quality con-
trol, radiation cover encapsulation and cell fabrication
will all have to be done on a mass production basis,
Many of the separate sieps involved in the present
manufaciure of cells must be efiminated or combined.
These steps will help on the overalf cost of the sysiem
but will not solve all of the problems, On the other

hand, if they are not accomplished, the cost of the '

solar blanket will be prohibitive.

in summary, there should be a balanced approach to
the research and development of solar cells, Wark on
mass production at the expense of efficiency and
lifetime probabily would not accamplish much. On the
other hand, any small increase in the average cell effi-
ciency wuld result in a smaller aray area and
decreased transportation costs. Also, radiation resis-
tance improvements in the cell would lead to a longer
lifetime and lower overall cost of the total energy pro-
duced.

7.3.1.2 THE AUTOMATED MODE

‘The assembly of the primary struciure, the deployment
of the solar blanket, the connaction of the power dis-
tribution system and the installation of the solar cell
concentrators must be executed in terms of modules in
this order. Sorne preliminary concepts for the construc-
tion of the Column-Cable configuration, and the Tyuss
configuration, ineluding the deployment of solar cel
concentratars, are shown in Figwes 7-16 to 7-18
respectively (Ref. 7-5). Since the assembly of the pri-
mary structure consisis of a sequence of repetitive
operations of putting basic building elements in a
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FIGURE 7—16 PARTIAL CONSTRUCTION OF COLUMN/CABLE
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specified configuration, a computer-controlled auto- respectively (Ref.

7-i1). The use of computer

matic assembly scheme is proposed. As is shown in graphics with graph theory should make possible the
Figure 7-19, the system consists of the fabrication unit, development of an optimal assembly algorithm. The
the buffer storage and dispensing unit, and the assem- development of such an assembly will accompiish the
bly unit. The fabrication unit generates the basic following objectives:

building elements from prefabricated stock. The
fabrication rate (estimated as high as 190 Kg/hr.) may
not be the same as the assembly rate (5 x 10 Kafhr.):
thus some buffer storage unit will be needed. The
buffer storage and dispensing unit will serve to inter-
face between the fabrication unit and the assembiy
unit. The mobil assemblers will perform four basic
functions: fetching, positioning, aligning, and joining
the basic elements to the stiucture. The construction
will start with the deployment of the fundamential core
unit (reference unit) and the working platform that sup-
paris the fabrication and assembly units. All subse-
quent assembly tasks will be executed by the in-
telligent mobil asemblers (with onboard computers,
imaging devices, laser beam alignment sensors, and
sophisticated control systems and actuators). The as-
sembly sequences will be controlled by an otpimal as-
sembly algorithm tele-operated by the central com-
puter on the ground. The ground control computer will
also control functions of the fabrication unit. Accarding
fo the present forecast (Ref. 7-10), by the year 2000
the computer memory density can be increased to
10'° bits/m®.  The imaging information can be
transmitted at 10'° bitsiday. The required high level
compuiter language will become available. The ad-
vanced macroprocessors will have very high comput-
ing capability and smal! volurne. The adaptive control
systems and precision position sensors available at
that time are expected to have the required precision.
Assuming these aptimistic forecasts the development
of an intelligent mobil assembler is feasible, Int order to
achieve a high assembly rate, an optimal assembly
algorithm needs to be developed. Considering the pri-
mary structure as a network of nodes {joints) and
hranches (truss beams), then the entire structural con-
figuration can be completely defined by the spatial
coordinate of each node and hence ‘each branch.
Thus, each beam position is completely specified.

The optimal assembly algorithm will require of the -

mobil assemblers the least amount of travel and will
maintain as much symmetry as possible for the entire
structure during the construction phase. In Figures
7-20 and 7-21 are shown the computer generated
graphics of the primary and the antenna structures

a. Provide high machine assembly rate.

b. Require minimum human involvement in as-
sembly. : _
¢. Require a less sophisticated space station.
d. Facilitate the construction in GEO.

7.3.2  Power Distribution System

Fabrication of the power distribution system will occur
on the ground because the system will be extremely
complex and yet will require high reliability. The com-
ponents constructed on earth will cause little or no
packing problems, as they will be heavy enough to
satisfy the payload density and sturdy enough for sus-
taining the launch load effects.
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FiGURE 7-19 COMPUTER CONTROLLES AUTOMATIC
FASRICATION AND ASSEMSLY CONCEPT

FIGLRE 7-20 COMPUTER GRAPHICS OF SOLAR ARRAY STRUCTURE (REF 7-11§
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Portions of the power distribution system, shown in 7.3.3 Microwave Antenna
Figure 7-22, will be preassembled on the ground with - . -
pogrtions of the m[croli\rave antenna so ’thatgtédious in- The fabrication of the microwave F;Oﬁ?fgl{ansafgéifzg
orbit assemibly work will be minimized (Ref, 7-8). The System will involve the use of Pighly acof2
tertiary, the secondary, and the primary feeds will be Manufacturing methods. Next to the exacting wo ¢
assembled manually in parallel during the time that Quired to manufacture solar cells, the mr;ts]tmct:onegt
N N I3 - | H C OS
the subarrays are constructed. For making simple and the transmttj(lngthaenizl:]f;iﬁ: - wﬂ: ojr:gtmri\‘thffugh the
rapid electrical connections, a form of mechanical folerances in or transmissign system actually in-
connecior should be developed. This will reduce the MCIOWave pow o e e o
EVA durations. The power distribution switchgear is V_OIVES “.‘e.e“‘"ft SF;S :::50?'?:: sslsgi:’r:l amnﬁ?y th;
divided into two categaries: one category consists of 1€ most mtapo g‘?‘tﬁﬂ ntenra ' '
centralized apparatus to control the systern operations Microwave tansmiling '
and the other category is incorporated with each The microwave transmitting antenna is made of the
sut_:array. The switchgear arangements must be highly following components:
reliable and flexible, yet amenable to simple assembly Klystrons or amplitons

operations. .
" Waveguides
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Slotted array panels

Suniele gear

Power distribution cable system

Receiving antenna

Central phase and reference control systems
electronics

Subarrsy phase conjugation system

Fiber optics transmission system

Heat shield reflector

Antenna primary structure

Adjustable screw jacks

Of the components listed, two seem to be prime can-
didates for fabrication in space. These are the antenna
primary structure and the wave guides, The slotied ar-
ray panels and the receiving antennas are also possl-
ble candidates for fabrication in space, especially if
they can be fabricaied out of composite materials,

7.3.3.1 TRANSMITTING ANTENNA PRIMARY
STRUCTURE

The transmitting antenna primary structure constriic-
tion can be done in parallel with that of the primary
structure used for the solar array. Both of these strue-
tures may be made from the same material, and thes
equence of structural assembly from basic elements to
primary and secondary trusses can be done in similar
fashion,

As indicated in Chapter 3, one of the prime candidate
materials for the structure (including the antenna
structure} is a composite material. Advantages that can
be obtained with the use of composites include the
following: :

minimum subaray deflection due to thermal
stresses caused by heat given off in dc fo if conver-
sion.

minimum power loss -

maximum waste heat power density (up to 8,100
Wim? according to Ref. 7-2)

desirable 5:1 db taper for the microwave Gaus-
sian distribution (Ref. 7-2)

high probability that this type of stricture can be
fabricated in space from composiie materials which
allow high density payloads.

lighter overall structure due o lower density
material: graphite epoxy has a density between
1.12-2.40 glem® while alumirum has a density bet-
ween 2.62-2.82 gicm’.
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7.3.3.2 SLOTTED WAVEGUIDE SUBARRAY
PANELS |

The slotted waveguide subairay panels are the basic
modular units making up the microwave transmitting
antenna. At this point in the design of the 8PS there
are various configurations for the basic structure of
these panels. One configuration uses dimensions
which are 10 m x 10 m while another uses 19 mx 18
m.- A Martin Marietta Report (Ref. 7-12) estimates that
the packing density of composite materials for
waveguides will be about 6.1 Ib/it’. Recommenda-
tions made by ECON (Ref. 7-1) included building the
ptimary structure for the waveguide subarrays from
iriangUWiar girders. '

7.4 CONTROL SYSTEM

Because of the very large size (144 Km®) and low den-
sity (0.16 Kg/im® ol the solar power satellite (SPS)
structure (Ref. 7-5}, the aititude contro! of the SPS
cannot be adequately treated by rigid body dynamics.
A mote realistic approach is o treat the SPS as a flexi-
ble vehicle (Ref. 7-13), Therefore, it is necessary to in-
clude structural bending mode considerations in the
design of the SPS attitude control system. A functional
block diagram of the SPS attitude control system is
shown in Figure 7-23. It can be seen that the control
forces not only generate a conirol forque but also ex-
cite the system's elastic bending modes. The elastic
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feedback loop may cause the system to become osTuRaissE

unstable if the system is not properly designed. In contoe T

order to ensure the proper design of the control N wo e ], e [ o 8
system, an analytical analysis based on multi-mode & o e puiie
flexible body dynamics (Ref. 7-13) should be per-

formed. Various parameters for such an analysis will gesne o

have to be determined as soon as the SPS structural FofiG T

configuration and material choice are defined. Since ovbanes

the operational load on the SPS siructure will be very

small, the fundamental frequency of the SPS will be ! sensons

2.3 x10™° Hz due to the gravity gradient torqus. Thus, a

fundamental bending frequency of 2.3 x 107" Hz (5.6 FIGURE T-23 ggﬁgggg;e&gggvﬂmggﬁimrg&g; o
cycles a day) will be practical. The gravity gradient tor- REF 7- 13 B

que can.be countered by a reaction controf systen, but

this can only be done at a substantial propellant cost, 7.5 00 NSTRUGT!QH ALTITUDE
One alternative that can be used to reduce gravity gra- GONSIDERATIONS

dient torque is to increase the length-io-width ratio . . .

(e, to increase the SPS north-to-south length). Several altitudes could be cunmdergd for partial or full
However, the power distribution losses or increased fﬁ”?t’UCﬁg" E"['_"d atf:embly t?f ’T_e Pﬂll‘;'_l?né structures. rlxn
weight of the power buses may also limit the structuraj thiS Investigation two constuction aliitudes were con-
iength. Another way of countering the gravity gradient Sidered, namely, Low Earth Orbit (LEQ): b_elow 460 Km
forque would be to use counterweights of about 10° Kg (250 n.m.) and Geosynchronous Orbit (GEQ): at
in the Column-Cable configuration, The trade-off bet- 35800 Km (19,300 n.m.).

ween the control propellant and the weight of the The presence of the Van Allen Radiation Belt (from
counterbalance is not clear at the present time. Since 500 Km (270 n.m.) 1o 13,000 Km (7,000 n.m.)) is the
the control system will be the major maintenance cost main reason for considering the higher assembly
driver, the selection of the control system configuration ajtitude. The LEOQ assembly altitude was chosen
for balancing the gravity gradient forque will require because it is high enough to have minimal air drag

very careful examination. etiect and is low enough to be below the Van Allen
The key issues regarding the control system that will Bt
require further studies are: The high thrust of orbital transfer chemical proputsion

, ~engines rules out the full satellite assembly at LEO.

a. The dynamic responses of the large, flexible The cost saving of partial assembly in LEO over that of
structure In space to disturbances such as grayity gra- full assembly in GEO is found to be no more than 4%
dient control forques, arbital station-keeping control (gee Ghapter 8). Thus, if a chemiical propulsion system

torques, and the low frequency oscillations induced by {5 ysed to go fram LEO to GEO, full assembly in GEO

thermal gradients resulting from the earth's eclipse of geems to be a better choice.

the SPS. '

It the electric propulsion system is used to go from LEO
k. Modeiing of the muiti-mode flexible body to GEO, factors that are unfavorable to LEO assembly

dynamics. are the following:

c. Development of low cost electric propulsion a. Appreciable air drag effect.

units for SPS attitude control. b. High probability of collisions with space

d. Dynamic analysis of the SPS structural tran- debris.
stent responses fo impulsive disturbances. This may . Degrad. tion of solar cells in passing through
be very critical during the constiuction phase of the the Van Allen Belt. '
SPs,

136

ATTTL0E




o —— i =

e

SRR T |

d. Long transit time to go from LEO to GEO.

e. Extra power installations for lighting due to payload capacity utilization efficiency

the day-night cycles and for the construction machin-
er. .

The only justification for LEO assembly will then be the
possible substantial savings in transporiation cost of
using the electric propulsion system to go from LEO to
GEO. Earlier reports {Ref, 7-1 and 7-12) indicated that
2 to 3-fold savings In transportation cost would result if
full asser: ly were done in LEO and if the elecitic pro-
pulsion system were used to go from LEO to GEO.
However, by including penalties of replacing damaged
solar cells and using long transit times, this investiga-
tion indicates that only small savings over that of
chemical propulsion and full assembly In GEO can be
achieved.

Therefore, as far as assembly altitude is concerned,
full assembiy in GEO appears to be the best choice.

7.6 CONSTRUCTION IMPACT ON
THE TRANMSFORTATION COSYT

It was mentioned earlier that the very Iow densities of
the solar array structure (0.16 Kgim) and the
microwave antenna structure (25.1 Kgfm ) dictate the
necessity of fabrication in space of those structural
elements in order to have reasonable transportation

and:

_ 22 _
s '2'3‘ 0- 950

The above data will now be used fo evaluate the im-
pact of space fabrication of structural elements in the
transportation cost of the SPS program using the pre-
sent configuration (Ref. 7-4). Assume that the heavy
litt launch vehicles, HLLV, (300 metric toris payload
capacity and $20 million cost per flight) are used for
delivery of the volume represented by 6. 65 x10° Kg (of
which the solar array structure is 5.74 x 10° Kg and the
microwave antenna structure is 1.21 x 10° Kg). With
the truss-type SPS 1,246 additional HLLV flights would
be required if the beams are ground-fabricated. This
will result in an increase of $24.9 billion per SPS and
2.8 tilllion for the 112 unit SPS program just in the cost
of transportation alone of going from ground to LEQ.
Thus, space fabrication of structural elements is ab-
solulely necessary if a cost effective SPS program is to
be achieved.

The man/machine productivity, environmental con-
siderations for crew's safety, and logistic support re-
quired in space are the main factors involved in seiéct-
ing the appropriate assembly modes. GEQ appears to

cost and a cost effective SPS program. Some simple be the better choice for the assembly altitude. The
computations based on data presently available are radiation effect in GEO plus the fact that manual as-
given to illustrate why space fabrication of structural sembly with extensive EVA results in a low assembly
elements is absolutely necessary for a cost effective rate (8 to 11 Ka/m-hr.) both lead to the conclusion that

SPS program.

According to Ref. 7-12, as many as 3,582 additional
Fly-back DOL (payload capacity 88.5 m.t.) flighis per
8PS {normally 23) would be requued for delivery of the
volume represented by 1.95 x 10° Kg mass of solar ar-

ray and antenna structures If they were prefabricated
on the ground.

Using these data, the following were derived:

(density of prefabricated stock)
Tdensity of ground-fabricated beams)

_ 3605 _

EVA assembly should be ruled out in GEO except for
very limited contingency purposes. The semi-auto-
mated assembly done by remote manipulators super-

vised and assisted by men inside the space station

may be acceptable for near-term programs of limited

scale but ceriainly would not be desirable for large

scale construction required for the SPS program. For
the semi-automated assembly method, the number of
personnel required in the space station at the peak of
construction is estimated {o be about 500 (Ref. 7-5).

Logistic support far the 500 man space station will be a
big problem as the space station will have to be a
closed system. The construction of such a space sta-
tion may be as difficult and costly as the first SPS, At
present, the cost estimate for the space station ranges
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_need mare attention.

from $1 to $6.4 million per man-year. If a fully auto- j. Control sysiem requirements for SPS con-
mated assembly system (with computer-controlled in- struction may be more critical than those for SPS
telligent assemblers tele-operated by the optimal as- operations.

sembly algorithm supervised by the central computer k. The cost of fabrication and assembly may
on the ground) is developed, there can be a high as- constitute a fairly significant portion of the total SPS
sembly rate and minimal man involvement. The total cost, perhaps more than 25 percent of the total cost.

cost reduction in the space station requirement alone i. A better understanding of the nature of radia-
will range from $67.2 billion io $430 billion for the 112 tion damage must be obtained.
SPS Program. The saving is roughly 20% of the current m. Mass production of the solar array alone may

estimated cost of the SPS program. not be the essential driving factor in the blanket cost.

n. There must be a balanced approach to the
R&D associated with the solar blanket. R&D associ-
ated with the manufacturing process should not over-

shadow the R&D associated with cell efficiency and.

The automated assembly method will have great im-
pact on the total SPS-cost, but its impact on the
transportation cost is believed to be not very signiii-
cant. However, the impact of space fabrication on the

transportation cost is very significantand shouid not be 1fetime-

overlooked. 7.7.2 Construction of SPS

7.7 CONCLUSIONS AND a.- Full assembly in GEO is more desirable than
RECOMMENDATIONS partial or full assembly in LEO.

b. SPS structural configurations should have as
. much modularization as possible.

7.7.1 Technological Issues ¢. Onsite space fabrication of basic building

a. Dc-If converters need further development for blocks is more desirable than receiving the prefabri-
higher efficiency, longer life, more phase stability. ~ cated items from the ground. ‘

b. Phase front control technology requires test- d. The degree of man involvement in the EVA
ing programs before installation. assembly should be minimized. .

c. Pointing control poses no problem on the e. High degree of automation is desirable and
ground; it may need modifications when used in needed in machine assembly to achieve a high as-
space. o SQITIb'Y rate.

d. High voltage dc distribution technology is not f. It seems feasible to have the assembly tasks
available today. A development program should be done automatically by computer-controlled mobile as-
started. semblers which are remotely tele-operated from the

~@. Aluminum conductors for high cufrent ground. _ -
capacities often give connection deficiencies; a g. In comparison, assembly is more compli-
thorough test program should be carried out before cated than fabrication and is believed to be the most
deployment. critical area in the construction of the SPS.

f. Thermal behavior of the structures, h. The possibility of having a high rate of
waveguides, and insulator materials must be studied. Machine malfunction in automatic assembly opera-

g. EM interference may be a potential problem tions should be recognized. '

~ with many SPS units in orbit, each having a tremen- i The potential impacts of fabrication and as-
dous energy level, g : ©~ sembly on the transportation cost need more careful -

" h. A detalled study of the volume and weight 2ssessment.
characteristics of each ground fabricated component j- Complicated components, e.g., de-rf conver-

will be necessary- before a HLLV payload density can ters, waveguides, control electronics, and switchgear

be defined. are thought to be more economical if fabricated and
i. Transient dynamic behaviar of structures sub- 2ssembled in medular form on the ground and then

jected to impulsive perturbations during construction transported into orbit for final assembly.
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CHAPTER 8
- ECONOMIC CONSIDERATIONS

8.1 INTRODUCTION

The analytical techniques applied in this project pro-
vided a limited cost analysis. The approach was two-
fold in nature. The first stage was to deveiop a
generalized cost model that illustrated the .interrela-
tionships of the various components of the transporta-
tion problem. The second stage involved -estimating
the cost of the inputs into the model.

The project required-a comparison of the total cost of
achieving a completed saiellite in geosynchronous or-
bit using two distinct sequences of production. The
generalized madel had to be adjusted to accommo-
date both the chemical propulsion and the electrical
propulsion procedures. The overall model illustrated in
Section 8.2.1 relates directly to the chemical propul-
sion alternative. A second model or sub-model was
deveioped to estimate the cost of electrical propulsion
from low earth orbit to geosynchronous arbit. The
results of the second mode! were then combined into
the first, replacing components that were not relevant
to electrical propulsion, Thus, in the overall compari-
sion, similar cost components in the two scenarios
were estimated in a common fashion and dissimilar
compaongents were estirated through techniques ap-
prapriate for each sequence.

_ The two analytical approaches, the mput cost estimat-
ing techniques and a comparison of the resultant cost
structures of the chemical and electrical sequences
are provided in Sections 8.2 through 8.6.

8.2 COST APPROACHES

8.2.1 Transportation Cost Model

One of the most important criteria used in comparing
the various transportation scenarios is the cost. A
method was developed for computing the cost of
transportation of cargo and personnel which would be

applicabie to all types of vehicles and any scheme for

construction and fabrication. This method is referred to

m (ar+(1-f)a)mG+
(bepG-Fbl_ihsb-i- 5 c A
where:
Ct =total cost of transportation per satellite ($)
ap =unit transportation cost for the HLLV ($/Kg)

m|_ = mass of cargo transported fram earth to

LEC (Ka)

ac = unit transportation cost for the COTV
(s/Kg)
fc = fraction of orbital transfer by the COTV
aT = unit transportation cost for the tug ($/Kg)
mg = mass of cargo transported from LEO to
GEO :

bg =POTV flight cost ($/man trip)

fp,g = fraction of construction and support per-
sonnel in GEO

by =PLV flight cost (S/man trip)

Np = total number of man trips per satellite

Cp =other costs (8)
The first two terms represent the cost of transporting
the cargo (satellite and construction, fabrication, and
support equipment) fiom earth to LEO and ftom LEC o
GEO respectively, the third term gives the cost of
transporting personnel, and the last term inciudes any
other transportation costs not accounted for elsewhere.

Note that the transfer of cargo from LEQ to GEO may be
dane by two different types of vehicles, This flexibility
fs incorporated. in the model so that the aption of par-
tial assembly of the satellite in LEO can be considered.
The transport of a partially assembled structure may re-
quire a vehicle (tug) having different characteristics
than the vehicle (COTV} which transporis cargo in-a
higher density configuration due to limitations on ac-
celeration the structure can withstand safely.

The unit transportation costs for the HLLV, COTV, and

tug may be computed from:

a =(Cy/lL + prCpmp + CTA + CET)ImpL +

~ as the cost model. The expression for total transporta- CEEV 8.2)
tion cost in simplified form is: where:
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Cy = cost of one vehicle {($)

L =vehicle lifetime (trips)

fpL = propellant loss factor

cp = propelant unit cost ($/Kg)

mp =mass of propellant per flight (Kg)

Ctp =turnaround cost (5) -

Cgr =cost of expendable tanks ($)

mp = payload of vehicle (Kg)

Cpgy =development cost allocated to one flight
(s)
The masses of cargo which must be transported by the
launch and orbital transfer vehicles are computed
from:

mg =ms + mp g (8.3)
and

m|, scf2R mg + mg | + Ngmyc + Nymy T
+ ¢ GpLempe + mere) + TrifpLtmpr +
MET, T (8. 4
where:

ms =mass of satellite (Kg)

mg,g =mass of support and construction equip-
ment in GEO (Kg) '

mg, =mass of support and construction equip-
ment in LEO (Ka)

my ¢ = inert vehicle weight {not including ex-
pendable tanks} of the COTV (Kg)

my 7 = inert vehicle weight (not inciuding ex-
pendable tanks) of the tug (Kg}

fpp c = propellant loss factor of the COTV

mp ¢ =mass of propellant per flight of the COTV

{Ka)

mET,c =mass of expendable tanks of the COTV
{Kg}

fpL,7-=propellant loss factor of the tug

mp T = mass of propellant per flight of the tug
(Kg)

mgT,T = mass of expendable tanks of the tug
(Kg) : |
The number of trips and number of vehicles required
for orbita! transfer are computed from: -

= (ff gmg -+ mg,e)mpLc (8.5)
NC =TclLc (88)
T =1 -1 c) mgfmpLT 8.7)

~ and

Nt = TTILT (8. 3)
where:

Te =number of trips per satellite for the COTV

fr ¢ = fraction of orbital transfer by the COTV

mpyc = payload of the COTV (Kg)

Neg = number of COTV's required per satellite

Lg =lifetime of a COTV (trips)

TT = number of trips per satellite for the iug

MmpLT = payload of the tug (Kg)

NT =number of tugs required per satellite

L1 =lifetime of a tug (trips)
An examination of the equations listed above indicates
that there are nineteen parameters which: must be
specified before the total transportation cost can be
computed. They are a4, ac, mpL ¢, my,c (frLcMp
+ mgre) Lo, an mpLT My T
mer.P: L1, b, bg. MB,G ML fr,c. fp.G: Np. and
Co. In addition, the mass of ‘the sateliite must be
specified. The calculations are then carried out in the
following order. Equations (8.5) and (8.7) are used to
deterrnine the number of trips for the COTV and tug.
The number of orbital transfer vehicles required may
then be calculated from equations (8.6) and (8.8). The
masses of cargo fo be transported are calculated from
equations (8.3) and (8.4). The total transportation cost
is then calculated from equation (8.1).

The computation of total cost is relatively simple and
may be done by hand calculation. If a large number of
cases are to be analysed, the use of a digital computer
is preferable, A statement listing and output of the cost
maode! is given in Appendix H,

8.2,2 Cost Estimating
Methodoliogy for Electrical
Propuision

Data, either technical or financial, are not readily -

available for estimating the cost of large scale electri-
cal propulsion. The current state-of-the-art provides lit-
tle basis for costing a franspert system accurately

using electrical thrusters. The technical requirements

for such a system generally are known, however, and

"do provide a basis for modeling the component re-

quirements of a LEO to GEO movement of the SPS.

The physical mode! developed for electrical propulsion
was illustrated in Section 5.5.1.1. The model required
cost inputs for engines, tanks, propellant, and solar

. cells. The procedures: for estimating the cost inputs

varied, dependinig on the nature of the component in-
volved. Several estimating techniques were utilized in
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all cases, except for the solar celis,and what appeared
to be the best estimate was selacted for inclusion in
the model.

The cost estimates for engines and tankage were
made with the use of a series of Cost Estimating Rela-
tionships (CER's) developed for NASA (Ref. 8-3 and
8-4), The process of estimating cost parameters with
use of CFR's is a standard procedurs when the item to
be costed is not commercial production or when future
technology is in the estimate. The CER is essentially a
least squares regression technique using historical
data defined in terms of technologically related com-
ponents. The estimate derived from the application of
appropriate CER's was adjusted for complexity through
the use of a complexity factor developed in the cited
references. All estimates were adjusted to a base of

The cost for fuels were derived from NASA-JSC esti-
mates where such data were available. The cost per
pound of ammonia was obtained from commercial pro-
ducers of the product. Thie cost for argon was based on
the price paid for the item by organizations using this
material in currently ongoing research efforts. The
costs assigned to both ammonia and argon may be
high compatred to a future price which would be predi-
cated on large volume production.

The NASA-JSC estimate of $500/KW for solar cells
was applied in the model. No explicit learning curve
was applied to adjust any of the estimates, In the use
of CER's, some implicit learning curve is present, but
unspecified, because of the use of historical data. The
NASA-JSC estimate for solar cells currently is based
on a 70% learning cup’ 3,

The cost parameters estimated for use in the model
are as follows;

Engines:

ReSiStOJEt.Q-oouo-nnooo----¢$50,000 TFU
APC-JEt....----.o...-.---..o$41,000 TFU
MPD_Argon.‘lDO'I.‘II‘..II.OC!'I.$4.I’OOD:TFU

Tanks:

LH, 108 1bs of fuel....

Fuet:.

LH2 ol.ilocco-c-----ooa..-ou.$3/]b
NH3 -!Ol-i...lli..l.ll--lt...$l10/1b
APgON eesnosscasenvoncsnene.52,84/1b

Solar Cells:

SoTar Cellsiu.eereennnneseesadD00/KH

Only theoretical first unit costs were utilized in the
model. Design, Development, Testing & Evaluation
(DDT&E) costs were not estimated and, hence, are not
allocated in the model. DDT&E cost could be esti-
mated with appropriate CER's.

2.3 APPLICATIONS OF THE
TRANSPORTATION COST MODEL.

The cost model discussed in Section. B.2.1 was
developed for the purpose of estimating the total cost
of transportation, determining the effect of various
parameters on the cost, and comparing the costs of
various transportation scenarios. [t must be sttressed at
the outset that all cost data used in the following
calculations are approximate. The data for the HLLV
are exirapolations of the characteristics of current
faunch vehicles and are expected to be reasonably ac-
curate. Cost data for the COTV's (particularly if electric
prapulsion is used) and for fabrication techniques and
equipment are much less reliable (since there is little
or no experience on which to base these data). They
may prove o be off by a factor of two or more.
Nevertheless, it may be argued that performing
calculations based on questionable data is justified if

the accuracy of the input data can be estimated and

the risks associated with drawing conclusions based
on the calculations are recognized. As better data
become avai_lable. the calculations may be updated.

million TFU
million TFU

$30
NH3 108 1bs of fue'l....%]lg million TFU

Argon 108 1bs of fuel....
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8.3.1 Baseline Data and Total
Transportation Cost

A "baseline” estimate of the fotal cost of transportation
was qomputed based on the following assumptions.

a. The Column/Cable type of SSPS having a
mass of 81813 m.t. is used.

b. Chemical propulsion is used for all transpor-
tation.

¢. All assembly is performed in geosynchronous
orbit.

d. Persannel are transferred from LEC to GEO in
capsules carried by the COTV.
The baseline data, taken from the JSC Executive Sum-
mary {Ref. 8-1), are given in Table B-1. Note that only
13 parameters are listed since complete assembly in
GEO eliminates the need for the tug and its charac-
teristics are not used in the calculations. The results of
the baseline calculations are given in Table 8-2. ki is
apparent that the cost of transportation of cargo is
much larger than that of perscnnel transport and that
the operation of the heavy lift launch vehicles is the
largast single item. '

As discussed earlier, it is important to have some esti-
mats of the accuracy of C. This depends on the ac-

" curacy of each of the parameters used to calculate Cr.

The method (Table 8-2) used here may be sum-
marized as foliows. Let:

y = (X1, X2, Xpy)

be a function of N independent variables. Then:

= CEIGE) /e (e

~ gives the probable error in y caused by errors, A Xj, in

the parameters used {o calculate y. In our case Cr cor-
responds to y and the thirteen parameters in Table 8-1
correspend to the Xj's.

The difficulty which remains is estimating the max-
imum emrors which might be expected in each
parameter. The masses of propellant, expendable
tanks, and the orbital transport vehicle may be calcul-

-ated from orbital ‘mechanics relations and - design

equations and should be accurate to #210%. The COTV
lifetime s much less predictable and may be in etror
by 50%. The unit cost for the HLLV s based on more

advanced existing technology than that for the COTV,
POTV, and PLV. An accuracy estimate of 26% was
assigned to a and ag, by, and bg may be assumed to
be in error by 50%. The mass of support and construc-
tion equipment and the number of personnel trips re-
quired may be off by a factor of 2. Based on these
assumed errors in the input parameters, eguation 8-9
is used with equations 8.1 and 8.3-8.8 to calculate
A Ct.The result is A Cy =3.03 or the probable error in
CT is 24%.

The accuracy analysis is certainly not precise since
the accuracies of the input parameters are estimates. It
does strongly indicate, however, that even though
some of the input parameters may be off by a factor of
2, the accuracy of Ct will be much better than this.
This results from the fact that ihe dominant terms in
the cost analysis are those which are known with
greatest accuracy. -

8.3.2 Sensitivity Acalysis

An analysis was performed to determine which -

parameters have the greatest effect on the total
transportation cost. This was done by using the
baseline cost as a reference and calculating the sen-
sitivity which is defined as the percent change in Cy
caused by a 1% change in an individual parameter.
The resuits are given in Table 8-3 for those parameters
which may be considered independent.” This again
points out the dominance of cargo transport and shows
that the transport of personne! and the number of per-
sonnel tequired are much less important in their effect
on Cr.

8.3.3 The Effect of Various
Changes on Transportation Costs

Several areas were investigated to determine whether
significant savings in transportation costs might be
realized. In each case the economic effect of some
change in the transportation scheme was calculated
relative to the baseline cost. Each of these areas is dis-
cussed separately. It should be emphasized that all
‘discussion in this section is restricted to chemical pro-
pulsion. A
]

'Parameters such as my g, mpL,c. and
(fpLcmpe + meT,c) are not independently variable

and are anaiyzed separately.
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Table 8-1  BASELINE DATA

Parameter Value
ay 32. $/Kg
8, 40, $/Kg
ML, ¢ 250 m.t.
m, ¢ 26 m.t.
(fPL,CmP,C + mET,C) 484 m.t.,
Le 30 trips
bL $200,006/man trip
bG $65,000/man trip
Mg g 9422 m.t.
Mg, L 362 m.t.
fP,G .73
Ny 777,
C 0 0
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TabTle 8-2 BASELINE TRANSPORTATION COST ESTIMATE

$B % of Total
Cargo
Earth to LEQ 8.60 69,1
LED to GEQ 3.65 29.4
Personnel
Earth to LEQ .15 1.2
LEO to GEQ .04 .3
Other Cost Neg -———
TOTAL 12.44 100.0
Table 8-3  SENSITIVITY OF INDEPENDENT_PARAMETERS
Parameter Sensitivity
.69
" ,29
8a .
Lc ,0008
by 0124
.003
bG 015
NP .
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8.3.3.1 PARTIAL ASSEMBLY IN LEO. United States. These costs have not been estimated.

The transportation cost model i
Partial assembly in LEO has the effect of lowering the portation cost model is used to calculate Cr

/ for various launch latifudes taking into account the
total weight which must be transported to GEQ. The gfacts of latitude on the mass of propellant but does
effect of this change on total transportation cost is esti-

o ! " not include these marginal ground costs. Results are
mated based on the following assumptions. shown in Figure 8-1. it appears that a significant cost

a. The fractional distribution of personnel and Saving will result from a launch site near the equator
construction and support equipment between LEO and and this option should be sericusly considered.
GEO varles linearly with the percent of assembly done
in LEO. 8 ' il '

b. The orbital transfer vehicle used fo move the |
partially assembled struciure has the same charac- § \
teristics as the COTV used in the baseline study.

—

Total transportation cost is calculated using the
fransportation cost model. The results are given in Ta-
ble 8-4. The maximum estimated potential saving is
quite significant. From a practical point of view it does
not appear that a large percentage of the fabrication \
can be done in LEO if chemical propulsion is used for

orbital transfer so the potential saving is probably less \
than 1.0% of the total fransportation cost. It is not clear \
whether any saving can be achieved since a partially \

BH

m\

PERCENT SAVINGS IN Cr
(L)
Wa

assembled structure will not be able to withstand large
accelerations and a special vehicle will have to be

designed for transporting these struciures. The cost o> & fo* 5% 20° 28 30°
per Kg for these vehicles may be higher than that of LATITUDE OF LAUNCH SITE ON Cr
the COTV used {o transport high density cargo. FIBURE 8-1 EFFECT OF LAUNCH SITE LATITUDE ON C;
_ (MARGINAL GROUND COSTS NOT ACGOUNTED
- A definite conclusion cannot be drawn at this point FOR) .

since further detailed study of the fabrication techni-

ques and the characteristics of orbital transfer vehicles 3
may alter the results presented here, One may ten- 8.3.3.3 TRANSFER OF PERSONNEL BY

tatively conclude, however, that partial assembly in Cotv

LEO wilt not offer major economic benefits and may in The possibility of transporting personnel using the
fact prove to be more costly than complete assembly cargo orbital transfer vehicle has been discussed in
in GEO. Section 6.4. The cost was found to be approximately

$65,000 per man flight. This cost is identical fo that
8.3.3.2 EQUATORIAL LAUNCH

The baseline cost estimate assumes a Cape Kennedy glon c?f wh'ﬁh methpc? fo use should, thersfore, be

launch. An equatorial launch wauld eliminate the need 22520 AN other considerations.

for a plane change in geosynchronous: orbit and the _

COTV would require significantly less propeflantwitha §.3,3.4 REUSABILITY OF THE HLLV

resulting saving in transportation costs. The amount of

propellant required is given in Section 4.2 for the range PAYLOAD SHROUD

of launch [atitudes between 0 and 28.5°. Estimates of the cost of the HLLV payload shroud for
both a reusable and expendable case were made in

There may, however, be added costs associated with Section 4.3.4. Use of these numbers in the transpaorta-

the launch from a site distant from the continental tion cosi model indicates that Ct could be as much as
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Table 8-4  EFFECT OF PARTIAL ASSEMBLY IN LEO ON TOTAL TRANSPORTATION COST

AR | e | | GBS | ¥ sevi
0 .73 352 9422 12.44 0
10 .66 | 1294 8480 12.39 4
25 .56 | 2708 7066 12.11 2.6
50 .36 | 5063 4717 11.79 5.2
100 0 9744 0 11,14 | 10.4

8% higher if the shroud is not reusable. it appears that
the shroud should either be dedicated to some use in
LEO (e.g., parts of the support system) or should be
returned and reused. There are costs associated with
retrievat and reuse which have not been aceounted for
in the comparison discussed here so the actual saving
will be less than 8% 1t is likely, however, that the sav-
ing will be significant and this area should receive
further study.

8.3.4 Synthesis

An analysis of the cost of transportation shows clecutly
that the driver is the HLLV cost. A substantial effort
shoutd be dedicated to econotnically optimizing this
phase of the fransportation. Consideration of an
equatorial versus a Cape Kennedy launch [s only one
area deserving further study, An application of equa-
tion 8.2 to the HLLV indicates iwo other important
areas, Reusabllity of the shroud should be strongly
considered as discussed in Sectlon 8,3.3.4. The area
wich will have the greatest inpact, however, Is the tur-
naround cost. This is the dominant term in equation 8.2
and hes not yet been carefully studied. A detailed in-
vestigation of the entire scanarlo of launch, retrieval,
refurblshment, ete., will be required to determine the
relative costs of the different types of HLLV's proposed
in Ref. 8-3. No candidate should be eliminated from
further consideration until such a study has been com-
pleted.

8.4 ELECTRIC PROPULSION

The total cost analysis of ihe electrical propulsion
system was accomplished within the following frame-
woik,

a. Four engines were analyzed as candidates
for the LEO to GEO orbit. The characteristics of the
engines were provided in Chapter 5.

. Two launch sites were compared, the one
from Cape Kennedy and the other from an unspecified
equaterial plane site.

@ Two decay rates for solar cells were included,
one approximately e-T/300 and the other approx-
imately e-T/120. '

d. Two thrust conditions were applied, a cons-
tant thrust condition with variable orbit times and a
variable thrust condition with a resultant determined
orbit time, o _ o

@. Cost elements involved in the use of chemi-
cai propulsion for transfer of cargo and personnel were
drawn from the estimates made In the chemical pro-

‘puision analysis. Per unit costs in this respect are iden- -

tical in the fwo procedures so that {otal cost differen-
tlals are indicative of differences in welght reguire-
ments,

f. No consideration was given to such items as
engine and tankage refurbistiment and reusability, tur-
nareund times for chemical propulsion vehicles, the
allocation of DDT&E costs, and the probability of
dafmage by collision with space junk. '
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The cost analysis using the 300 day decay rate was The component cost structure for the variable T/W
eliminated from consideration. The radiation effects on analysis is given in Figure 8-3. The relationships bet-
solar cells appeared to be extreme enough to make ween solar cell requirements and the cost of transport-
this particular decay rate unrealistic. ing additional weight are evident in the comparative
data. The engines remain in essentially the same com-
petitive position as in the first analysis. However, the
component ‘cost relationships provide the basis for
suggesting parameter changes that would affect the
fotal cost for each engine.

Tables 8-56 through 8-8 give the tofai {ransportation
costs for the LEQ to GEO movement of the satellite for
each of the four candidate engines under consiant
thrust conditions and variable orbit times. The
minimum costs periods range between 30 to 60 days
orbit time. The Resistojet engine s associated with the The cost of solar cells constitutes a small proportion of
highest transportation cost. The two Arc-jets and the fotal transport costs for the Resistojet engine. Reduc-
MPD-Argon engines are all competitive in the lower or- tion in tank and engine costs would make this particu-
bit periads. The cost data are provided in comparative lar engine a stronger candidate for use in the project.
form in Figure 8-2. The MPD engine has the largest requiremeérit in terms
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Table 8-5 TRANSPORTATION TIME-COST RELATIONSHIP FOR VARIABLE ORBIT TIMES
RESISTOJET LH»

DAYS (Bﬂ?gg;s $)
14 15.544
27 15.476
40 15.535
53 15,583
66 o 15,653
80 15.754
a3 15,831
106 15.910
- 119 16,028
133 16.148
146 16,272
159 - 16.424
Decay ~ e - T/120
Kennedy Launch
T/ = 107"
Constant Thrust
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Table 8-6

TRANSPORTATION TIME-COST RELATIONSHIP FOR VARIABLE ORBIT

TIMES ARC-JET LH2

S 1
16 9,510
32 9.182
47 9.128
62 9,202
77 9,363
92 9,544
108 9.816
123 10.068
137 10. 355
153 10.704
169 11.136
184 11.569

Decay ~ e -~ T/120

Kennedy Launch

T/W = 1074

Constant Thrust
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Table 8-7

TRANSPORTATION TIME-COST RELATIONSHIP FOR VARIABLE
ORBIT TIMES ARC-JET NH

3
DAYS (Bil?gigs $)
15 9,560
30 8.916
44 8.737
57 8.708
71 8.748
86 8.861
100 8.963
114 - 9.090
128 9,241
142 9.412
156 9.666
171 9.902

Decay ~ e - T/120
Kennedy Launch
T/M = 10-%
Constant Thrust
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Table 8-8

TRANSPORTATION TIME-COST RELATIONSHIP FOR VARIABLE

ORBIT TIMES NPD ARGON

COST

DAYS (Bi1Tions $)
34 9,261
49 9.350
65 9.642
81 10,041
97 10.534

114 11.348

129 12,061

145 12,893

161 13,878

178 16.237

194 16,830

Decay ~ e - T/120
Kennedy Launch
T/M = 107%
Constant Thrust
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FIGURE 8-3 TRANSPORTATION COST COMPONENTS

- of SECS cost. Improvements in the satellite that would

reduce solar celi decay (in the case of the MPD) would
reduce both the SECS cost and the cost of HLLV
transport, since less weight would be required to pro-
vide a transport system.

The major cost drivers for the electrical propulston
systems are indicated by the elasticity measures given
in Table 8-9. These measures are defined as the rela-
tive change In total transport cost related to a 1%
change in the indicaled variable. The measures are
pure numbers that can be readily compared among

‘diverse variables, :

The principle drivers are those variables which deter-
mine the time required to transport the satellite and
the requirement for solar cell usage during the trip.

in order to compare the electrical propulsion system
‘with the chemical propulsion cost estimates, a single
engine and its related transportation cost was
selected. The Arc-jet engine, using LHz as a fuel, was
chosen as a prime candidate. The total transportation
cost with construction of the satellite in LEO is given in
Table 8-10. The cost estimates for both the 28° launch
and the equatorial launch are provided. A transport
cost savings of approximately 11.5% could be ob-
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Tabie 8-9 ELASTICITY MEASURES FOR ELECTRICAL PROPULSION
ENGINES*
VARTABLE RESISTOJET | ARC-JET | ARC=OET | WPD
LHo LH, NH4 Argon
Engine Cost . 001 .03 .03 .02
Fuel Cost .04 .02 .001 .005
Tank Cost .46 .22 7 .02
Specific Impulse . 98 .59 .15 .12
Thrust .14 .03 .03 1.58
T/W .00 .03 .01 .03
Kw/Lb of Thrust .06 .29 .22 .73
Conversion Efficiency .06 .33 .22 .65
Mass Fraction .60 .44 .48 .07
Propellant Glow Fraction .04 .02 . 001 .005
DeltaV 1.0 .45 .62 1.71
Degradation Time .01 40 .26 .86

*Initial T/W of 10~%, decay ~ e - T/120

Table 8-10 TOTAL TRANSPORTATION COST-ELECTRICAL PROPULSIGH
COST B LLAUNCH POSITION
COMPONENT KENNEDY EQUATORIAL

Material-Earth to LEQ 4,42 3.88
Material & Satellite

LEQ to GEO 4,54 4.01

| Personnel-Earth to LEQ 21 .21

TOTAL 9,18 8.11

*Using the Arc-Jet LH, engine, T/W of 10~ and decay ~ e - T/120
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tained in eugtorial launch plane since the procedure
would require no time for plane changes.

The total cost estimates for the electrical propulsion
scenaric appear in Table 8-11. The cost savings het-
ween the two sites ranges from 6.5% to 8.4% depend-
ing upon the time assigned for the cost of capital under
the Kennedy launch conditions. The cost of capital
could be reduced, thus lowering the total cost of the
Kennedy launch and reducing the Kennedy-equatorial
differential, by making the plane and altitude changes
at the same time during the orbiting out process.

However, the procedure wottld require more time in the
Van Allen Belt which may fead {o increased degrada-
tion of solar cells. Since the SECS costs are drivers in
this system, the savings obtained in reduced capital
requirements could be offset by increased costs of
solar cells. Some optimal relationships probably exist
between the two conditions and should be pursued

through further analysis.

8.5 ECONOMIC COMPARISONS
OF SATELLITE DELIVERY
SCHEMES

8.5.1 The Effect of Delivery
Delays on the Time Value of Money

The cost estimates of the alternative delivery schemes
given in sections 8.3 and 8.4 include the value of all
the resources necessary to deliver one SPS unit to an
online mode in geosynchronous orbit, What has yet to
be considered is the effect of the potential delivery
delay implicit in the LEO/Electric construction ap-
proach. This potential delay has two adverse effects on
the economic desirability of the SPS system, First, the
delay creates incremental costs to construction in the
form of interest charges on idle SPS units during their
delivery phase. Interest charges must be added to the
present value of construction costs whenever one
“mode of delivery results In delays not experienced by
alternative delivery modes.

Table 8-12 gives the interest charges (as proportions)

duration and similar risk had they not been used for the
SPS system, The terms "“Cost of Capital" and "Cost of
Money" have been used to designate these charges.
These charges may also be thought of as the minirmum
rate of return required to justify the commitment of
funds to a patticular program, or, simply, “"The Re-
quired Rate of Return (RRR). Thus, if the RRR is fifteen
percent and a delivery delay of four months is antici-
pated, an additional 4.18 percent in interest charges
should be added to the online costs of the delayed
SPS delivery system--in this case the LEO/Electrical
construction alternative, If the delay could be reduced
to two months, the additional charges would amount to
212 percent of the otherwise completed cost of an
SPS unit.

The second effect a delayed installation has on the
economic deslirability of the project is the equal time
lag in realizing the revenue the SPS could be generat-
ing. In other words, a delayed installation not anly adds
interest charges to the cost of the satellite, but reduces
in an eguivalent manner (assurning the RRR and inter-
nal rate of return (IRR) are identical) the present value

.of the net cash flow (net of operating, maintenance,

and other similar expenses--but not depreciation) that
the SPS would generate over its assumed economic
life of 30 years. Returning to the previous examples, a
four (4} month delay at 16 percent interest would
reduce the present value of the net cash flow of an SPS
another 4,18 percent. Assuming the cost of a com-
pleted, online SPS via chemical propulsion of $30
billion, the delays mentioned above would create a
differential between the two approaches of $2.5 billion
and §1.3 billion respectively. '

For purposes of this study it is assumed that the only
difference between the SPS units is the cost of
transportation (including any anciilary considerations
necessitated by the different transportation modes).
The LEO/Electric alternative would have fo be, de-
pending upon the delay, $1.3-$2.5 billion cheaper
than the GEQ/Chemical approach just to breakeven
with it. From section 8.3 and B.4 the cost differential is
found to be approximately $3.25 bitlion, for a Kennedy
launch and $3.52 billion for an equatorial launch. As

for various delays at altemative interest rates. These explained in earlier sections, the time delay using the
alternative interest rates are to be interpreted as the electrical transportation mode and a Kennedy launch
opportunity costs of funds committed to the SPS ranges from a low of 90 days to a high of 120 days.
system. These values ate the rates that funds used in Using a 15 percent rate of discount, these delays
the SPS system could have earned inventures of equal translate into $1.6.and $2.1 billion respectively.:
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Table 8-11 TOTAL COSTS ~ ELECTRICAL PROPHLSION
LAUNCH POSITION
ITEM
KENNEDY EQUATORIAL
Satellite 10.58 10.58
Rectenna 4,23 4,23
Transportation _9.18 _8,11
Subtotal 23.99 22.92
Interest |
Interest Adjustment?
60 days | .98
90 days 1.58
120 days 2,10 -
TOTAL COST 23,90

25,57 26.09

1ysing the Arc-det LHy éngine, T/W of 10°% and Decay
2Appropr1ate interest adjustment depends on time est1mate of plane

change in orbit from LEO to GEO.

Table 8-12 INTEREST ADJUSTHENT FACTORS FOR DELIVERY DELAYS
QF SPS UNITS

MONTHS INTEREST RATES

DELAY (t) .075 .100 .120 150 .180 .200
1 - .0058 .0075 .0088 ,0109 ..0124 ~ ,0133
2 .0115  .0148  .0175  .0212  ,0245  .0265
3 0172 L0222 - ,0262 L0315  .0365 .0394
4 .0228  .0295  .0247  .0410  .0484  .0521
5 0285  .0368  .0431 . .0519  .0600  .0646
6 0341  .0840  .0515 .0613  .0715  .0769
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MONTHS .
| 12 1 2 BGOA/\Iv i
t=0 12 14 372
LEO/ELECTRICAL
MONTHS
f 12§ 360 A 1
t=0 " 12 370
GEQ/CHEMICAL

NOTE: A1l P¥'s are discounted back to time "0". Costs, other than
interest charges, and revenues of alternatives are assumed

equal.

FIGURE 8—4. TWO COMPARATIVE APPROACHES

Astuming the cost differential between the “Truss”
(Electrical) and "Columnal” (Chemical) satellites fo
be $.53 billion (JSC:11443) the range of cost
difference between the transportation modes reduces
to $1.12 billion to $.60 biliion. Assuming only a 60 day
delay using an equatorial jaunch and a $.53 billion
satellite cost difference, the net savings of the eleciri-
cal approach is reduced by $1.04 billion to $2.02
billion after taking into consideration the time value of

‘money factor. It is conceivable that after allowing for

repair costs due to collision damage and other im-
measurables associated with the electrical approach,
the costs of chemical transportation could be con-
siderably below that of electrical, Table 8-13 summar-
izes the cost differentials. 1t must be recalled that
these cost estitnates reflect the baseline approach of
the JSC study. Using alternative approaches sug-
gested in previous chapters harein, the cost estimates
could change significantly in at least their absolute
magnitudes, if not their relative position as well, it

. shouid be further noted that as the online costs of the

SPS are reduced by technolagical advances or other
reasons the “advantage” of faster delivery erodes.
Likewise, the more profitable the SPS (higher IRR and
RR7} the greater the advantage of a rapid delivery
system. This conciusion leads to the not-so-startling

impiication that unprofitable {costly) programs should
be delayed and profitable programs acqeierated. For
further discussion on this point see Section 8.6.

8.5.2 The Effect of the Time
Value of Money on the Cost of
Generated Electricity

If a system, such as the SPS, is to be self-supporting, it
must be abie o generate sufficient revenues net of all
operating expenses to cover its full in-place cost in-
cluding areturn to invested capital sufficient to justify
the use of the funds designated for this purpose. More
simply put, the net cash flow must be sufficient to
return both principle and interest fo the suppliers of
these fuhds. The BRR is the rate of interest that must
be eamed since any lesser rate would imply that the
funds could have been employed more beneficially
elsewhere,

Table 8-14 shows how alternative required rates of
refurn affect the annual capital charges fora 10 GW
SPS with.an economic life of 30 years. For comparison
purposes these charges are also converted into mills
per kilowatt hour. These factors are given on a per

bitlion dollar cost of one SPS unit. Thus, if the cost of o
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Table 8-13 BASELINE COST COMPARISONS OF ALTERNATIVE TRANSPORTATION MODES

ITEN KENNEDY CHEMICQBUATORIAL KENNEDELECTRICQBUATORIAL
Satellite $10.05 B $10.05 B $10.58 B $10.58 B
Rectenna 4,23 4,23 4.23 4,23
Transportation 12.43 11.70 _9.18 _8.11

Subtotal $26.71. $25.98 $23.99 $22.,92
Interest Adj. (60) 1.04
(90) 1.60
(120) 2,10
TOTAL COST $26.71 B $25,98 B $25.59 $26.11 B $23.96

Table 8-14 TINTEREST FACTORS FOR CAPITAL CHARGES IN ANNUAL PAYMENTS AND
MILLS PER KILOWATT HOUR PER BILLION DOLLAR COST OF

COMPLETED SPS

REQUIRED RETURN ANNUAL PAYMENT MILLS PER KILOWATT HOUR!
.075 - . 0847 1.0510
.100 . 1061 1.3166
120 1241 1.5399
,150 .1523 1.8898
.180 L1813 2.2497
.200 .2008 2.4916

1Assumes .92 Utilization Factor
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one unit was $30 billion, the annual capital charges
would be (at 15 percent} $4.569 billion or 56.69 mills
per kilowatt hour. If the RRR were 12 or 18 percent, the
capital charges per kilowatt hour would be 46.2 and
67.49 mills respectively. It should be noticed that if the
cost of the satellite could be reduced to $20 billion, as
some estimates indicaie, the savings could be wiped
out by a change in the RRR from 12 to 18 percent. The
mills per kwh would, at 12 percent, fall to 30.8 but
would increase to 45.0 as a resuit of the increase in the
RAR to 18 percent, or appreximately the amount of the
original charge {46.2). A cost saving of one-third could
be negated by an increase of six percentage points in
the RRR. This hypothetical illusiration was given solely
to indicate the magnitude of the effect of interest
charges on a multiyear lifetime project. This illustration
does not mean to imply that cost reductions are
necessarily accompanied by increases in the discount
rate. it should also be noted that the factors given in
Table 8-14 will not change appreciably as a result of
extending the economic lifetime of an SPS. For exam-
ple, a 50 year lifetime would, at 15 percent, anly
change the payment factor from .1623 to .15601. An in-
finite life would only further reduce this factor to .1500.

8.5.3 Comparison of Capital
Charge Requirements and
Estimates of Future Electrical
Charges

8.5.3.1 EFFECTS OF INTEREST RATES ON
ESTIMATES OF FUTURE ELECTRICAL
CHARGES

According to JSC Memo EZ6-76-144, the relative cost
of electricity is expected to rise 36 percent from 1976
to 2025. Assuming a cost of 30 millsfkwh in 1978, the
equivalent 2025 cost would be 40.8 millsfkwh in 1976
doltars. Abstracting temporarily from operating costs,
these figures, together with those given in Table 8-14,
indicate that an SE'S unit costing $30 billion could earn
an internal rate of resturn over 30 years of approximately
10 percent. Therefcre, if the required rate were 15 per-
cent, the SPS could not be economicatly justified at an
assumed cost of 40.8 milis per kwh for electricily.
However, if the cost of an SPS could be reduced 1o $20
billian the millsfkwh would be within the assumed
40+ millsfkwh range, again using a 15 percent RRR.
(Note: all costs are given in 1975-1978 dollars.)
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The appropriate rate of interest that should be charged
against the eamings of an SPS is not easily deter-
mined. Conceptually it shouid at least he that rate
charged against earth bound power systems in the
relevant time frame. Currently this raie is around 12
percent. Additicnally, there is strong argument that the
SPS ARR should be higher since there are additional
elements of risk associated with the SPS not applica-
ble {o conventional terrestrial power systems. With
regard to these additiona! elements or risk it should be
mentioned that the LEQ/Eiectric and GEO/Chemical
approach have different risk characteristics, From
Chapters 5 and 6 it should be evident that the farmer
approach is subject to, at least at the present {ime,
greater uncertainty than the latter approach. if this ad-
ditional risk does exist, then the discount rate should
be made correspondingly greater for the LEO/Electric
approach. All of the above analysis has assumed iden-
tical discount rates for each approach. Far purposes of
illustration, It can be assumed that if 15 percent is an
appropriate RRR for the GEO/Chemical alternative,
then perhaps 18 percent could be used as the ap-
propriate RAR for the LEO/Electrical alternative. If
these rates did apply, the present value of $1 per year.
for 30 years at 15 percent is $6.57, while at 18 percent
it is $6.62, or a 16 percent difference. This result
means that the present value {PV)} of the net cash flow
(NCF) for the LEO/Electrical approach is 16 percent
less than the PV of the NCF associated with the
GEO/Chemical apgroach. This difference is in addition
fo the interest-cost differential dug to the delay in
detivery of the SPS unit. Indeed, that differential would
now be greater since the interest adjustment applies
to the period of delay as well as the net cash flow.
Continuing with the illustration involving the 15 and 18
percent rate, there is an approximate 5 percent saving
in cost of carrying charges due to the fact the SPS is
generating revenue iwo months eatlier. The total sav-
ing, therefore, would amount to approximately 26 per-
cent. The illustrations, at this point, are mainly conjec-
tural, since determining the cost of capital ¢f a new
venture 20 vears in advance is highly tenuous at the
very least. They do serve, however, to point up the sig-
nificant impact that factors such as cost of capital, time
delays, and risk have on the economic feasibility of a
long term project. Any ultimate decision as to delivery
systems must be made with careful attention given to
the factors discussed above.
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8.6.3.2 REGIONAL ELECTRICAL MARKETS
AND THE ECONOMIC RATIONALIZATION OF
THE SPS UNIT

A current price of 30 millsfkwh was assumed for
electricity in the previous section in a preliminary dis-
cussion of the economic justification of an SPS unit.

The resultant price after allowing for an increase in
relative cost of electiicity of 36 percent was 40.6
millsfkwh. Whereas this price may be appropriate in
some geographic markets it is undoubtedly inappropri-
ate in other such markets. Table 8-15 gives a cross-
section comparison of various electrical markets in the
USA. From the diversity of charges as evidenced by
this table, it would appear that the SPS generated
electricity would be marketable in some areas and not
in other areas (if the increase in the relative cost of
electricily is assumed to be uniform across regional
markets). 1t would make little sense to market SPS
electricity in eastern Tennessee or western Norih
Caralina, whereas, New Yark would represent a more
viable market. It would eppear that at the present time,
the most reasonable cost estimates of an SPS would
lie in the $20-$30 billicn price range with interest rates
ranging from 12-18 percent. These ranges would pro-
duce a subsequent range of 30.8 to 67.5 mills/kwh that
would be required to cover the capital charges cf the
SPS unit. This range watild, according to Table B8-15,
clearly be within the price range of such markets as
Connecticut, New York, Delaware, and perhaps
Georgia. A word of caution is in order with regard to
these estimates. The prices are for generation and
delivery of electricity to the final customer. Production
costs amount to only about 70 percent of the final cost
to the customer and it is this latter figure which should
be compared with the prices determined ahove for an
SPS unit since surface handling and distribution
charges have not been herein considered. This omis-
sion is offset by the fact that the figures given for each
area are for the lowest rate step for residential service.
The average charge would be somewhat higher de-
pending upon the rate schedule and average house-
hald use. Ignoring hoth of these effects implicitly
assumes they are completely offsetting. This assump-
tion probably results in a small understatement of the
average residential kwh costs of electricily. Residen-
tiat rates have been used here since they usually are
the lowest rates for electrical service. The impact of
these assumptions Is to conseivatively estimaie the
kwh cost of electricity. by the year 2000,

8.5.4 Summary

From the preceding analysis it is evident that if SPS
unit cost is confined to the $20-$30 billion range and
the cost of capital lies in the 12-15 percent range, SPS
generated eleciricity could be competitive in ihe
1995-2025 time frame in at least some major domestic
markets (37.8-56.7 mills/kwh). At the existing (1976)
cast of capital for elecirical utilities (12 percent) the
3PS is already comipetitive with some regional electri-
cal services (30.8-46.2 mills/kwh). These statements
presume, of course, the validity of estimates of not only
SPS costs but 19854+ cost estimates of alternative
sources of electricity. The estimated 36 percent in-
crease in the relative cost of electricity over the next
30 years may be conservative, particularly in iight of
recent history. Recall also that only the lowest siep of
residential rates have been used to estimate the year
2000 electrical rates. One conclusion that this analysis
produces is that (at least at this time) SPS generated
electricity has not been shown to be economically un-
justified. Indeed, there exists strong reason to believe
that, technology permitting, SPS cosis could decline
and surface generated electricity could rise o a
greater extent than assumed in this analysis.

8.6 SATELLITE SCHEDULING

8.6.1 The Effecis of Scheduling
on Payoff and Initial Funding

it will be assumed in the following discussion that (1)
the SPS system will generate equivalent cash flows in
each of the various scheduling schemes; (2} that the
internal rate of return is equal to the required rate of
return; (3) that the life of an SPS is 30 years; (4) that
the cash fiows are net of operating expenses and taxes
but not deprectiation; and (5) that each scheme allows
two vears for construction of the first SPS. The only
variable will be the rate at which the satellites are
brought online. Figure 8-6 identifies the four assumed
satellite scheduling shcemes. Schedule A is the JSC
schedule identified in Reference 8-1. It should be
noted that all scheduling schemes Identified herein
assume “Scenario B"--that of providing 50 percent of
the estimated new electrical demand in the
1995-2025 time frame. Schedule B is an accelerated
Schedule A. Schedule C is a steady flow schedule of
four SPS's per year and Schedule D is the extreme of
building all of the 112 SPS's in the first year. The latter
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Table 8-15 1975 ELECTRIC RATES AND 2000 PROJECTIONS FOR SELECTED AREAS, USA

1. Alabama 20/112 6.4 26.4/17.4 35.9/23.7
2. Tennessee 9 10.7 19.7 26.7

3. Georgia 21.6/10 7.8 - 29.4/17.8 40,0/23.9
4, Texas 16.5/11.5 4.3 20.8/15.8 28.3/21.5
5. Conn. 35.6 3.2 28.8 52.8

6. New York 35.3 17.9 53.2 72.4

7. Ohio 19 8.3 27.3 37.1

8. Delaware 29.1/16.3 13.2 42.3/29,5 57.5/40.1
9. Louisiana 16.7 8.0 24,7 33.6
1973 USA Residential Average 28.3 m/kwh.

1Source: Federal Power Commission, 1975 Electrical Rates, Annual
Report.
2Figures separated by slash refer to seasonal rates.

schedule is used for illustrative purposes only and minimizes the time to pay off is Schedule D, which is

should not be considered as a viable alternative. also the schedule that maximizes the number of SPS
. _ : units outstanding at any one time. The tables show

Table B-16 summarizes for each schedule at varlous that, as a general rule, faster scheduling minimizes the

alternative interest rates the number of years necess- payoff period while maximizing the number of units

ary to accomplish two guals. The first goal is to gener- which must be financed by initial capital.

ate sufficient cash flow to fund present and future SPS

units, The second goal Is to pay back those SPS units - ' -

already in existence. Two potential objectives of the 8.6.2 The Effects of Scheduling
SPS program might be to reduce either the absolute @R Present Value
amount of Initiai capital (whatever Its source) or to Table 8-18 indicates that the present values of both
minimize the amount of tme required to accompiish cash Inflow and cash outflow are greater the faster the
the above two goals. These goals Involve a tradeoff, for units In question are brought online. The net present
reducing one Involves an increase in the other. For ins« value (the difference between the PV of cash flows)
tance, from Tables 8-16 .and 8-17, It can be seen that while always negative, since only the first 1 years are
at 16 percent interest the scheduling scheme that discounted, Improves as scheduling is accelerated.
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FIGURE B8-5 SCHEDULING SCHEMES FOR SPS SYSTEM

Table 8-16
HUMBER OF YEARS REQUIRED FOR SPS SYSTEM TO COVER ALL CAPITAL CHARGES

AND BECOME SELF SUPPORTING AT YARIOUS SCHEDULING SCHEMES AND
INTEREST RATES

SCHEDULE INTEREST RATES
SCHEME 075 .100  .120  .150  .180  .200
A 32 28 20+ S 15+ 14
B 30+ 25 21+ 17+ 15+ 14
c 25+ 20+ 18+ 15+ 13 12
D 14+ 13+ 1+ g+ 8+ g+

lFor Schedu]in:g Schemes see Figure 8-5.
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Table 8-17

"MAXIMUM NUMBER OF SPS UNITS OUTSTANDING (UNPAID) FOR
VARIOUS SCHEDULING SCHEMES AT VARIOUS RATES OF INTEREST

SCHEDULE INTEREST RATES

SCHEME .075 .100 .120 .160 .180 .200

A 23 13 8 5 3 3

B 20 14 11 7 5 5

C 22 17 14 12 9 8

D 103 100 98 95 92 90
Table 8-18

PRESENT VALUES OF CASE INFLOWS AND CASH OUTFLOWS (NET OF OPERATING AND
MAINTENANCE EXPENSES) OF SPS SYSTEM FOR VARIQUS SCHEDULING SCHEMES
AND INTEREST RATES EXPRESSED IN REVENUE YEARS

SCHEDULE INTEREST RATES
SCHEME .075 .100 L120 150 .180 .200
A 231,13 145.0  102.6 63.7 41.6 32.3
(346.9) (192.7) (126.8) (72.9) (45.3) (34.3)
B 279.0  178.5  128.1 81.1 53.7 41.8
(389.3) (224,2) (151.4) (80.1) (57.4) (43.9)
» 376.3 250, 1 185.1 122.6 84,7 67.6
(479.1) (293,2) (207.2) (131.2) (88.3) (60.7)
D :042,2  783.9  634.1 481.6  375.2  322,2

(1066.4) (795.0) (144.0) (484.9) (377.0) (323.7)

IFirst 31 Years Only

2Assumes Required Rate of Return Equals Internal Rate of Return, i.e.
no Economic Profit (Loss).

3Inflow {Outflow)
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These results are not unexpecied since the only

difference between the alternatives is the time-spac- o
ing of the SPS units; hence, those values closer to the
present will be of greater magnitude, The relative ad- 3
vantage of the faster schemes Is not very significantin . +
any of the cases in terms of the effect on net present Ee A [k 20
value. Figures 8-6 and 8-7 are given to show the rela- 3 ;?F j ,-/
tive cash flows of scheduling schemes A and C, The y . i
dashed lines represent the annual net cash flow asso- 3 :‘Eﬁ Ve A Mo s
ciated with each scheme. The vertical axes are desig- = ALY
nated both in revenue years and number of SPS units. ':E -t Py
: h rf:"/f B[ K YEars
8.6.3 Satellite Scheduling % rof
Summarized o o
Table 8-18 summarizes those factors of importance
which- affect scheduling decisions. These considera- ]
tions assume that the scheduling will not be pursued to

such an extent that the market cannot absarb the in-
crease in facilities without resuliing in excess
capacity. With this constraint in mind, an accelerated
scheduling rate wil! result in: (1) a shorter period in
which the system on a cash flow basis becomes zelf-
supporting; (2) higher initial funding requirements

FIGURE 8-6 SCHEDULE A CASH FLOW(@20 AND |0 FERCENT INTEREST

earned in other endeavors. This phenomenon has
characterized the residential construction industry for
the past 15 years. Those who have waited to build
have actually “lost” money as ihe cost of housing has
risen at a rate almost twice the overall inflation rate,

FIGURE B~T SCHEDULE C CASH FLOWS@ 20 AND K0 PERCENT WTEREST

{(which means more external financing required); (3)
higher present values of both cash inflows and out- % T FLow
flows; and (4) a greater net present value. Factors VI § 12 |
and VIl have not been previously discussed butbearan 2 33 /’ | Mt ow 1
important part in the scheduling decision. These two * iy AT |
factors, as will be seen, are not totally unrelated. 3:; L /’ 1
) Where significant relative price increases of relevant = & ,/ pai i
; resources pose a potentlal threat to any program, such  » L LA i
! as right-of-way for future roads or recreational areas, it A |
i might pay to accelerate the program. Accelerated N ] i pd
: scheduling is ecanomicilly justified where the sector o an S3C 0P KU Kb |1 = = | vERRs
inflation rate exceeds the alternative cost of the funds 5 =3 \I~ I
required o pursue the program. That is, the savings of & e -
faster purchasing exceeds the reveriue that could be ! j
!
i

the advances in technology exceed the increase in de-

= LA E————

Whereas anticipated inflation of certain products may
suggest speeding up thelr purchase, anticipated ad-
vances in technology suggest & “go slow" process.
Technological advancements not only make projacts

miore feasible, they concommitently reduce the costs

of the projects which lead io price reductions where

mand. In recent years, the pocket calculator market
has experienced this phenomenon. The longer a deci-
sion to purchase can be postponed the lower the ulti-
mate purchase price, This strategy is economically
justified as long as the rale of decrease in the
purchase price exceeds the yield that could be earned
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Table 8-19 CONSIDERATIONS FOR ACCELERATED SPS SCHEDULING

I. Shorter payoff period (to become self-supporting)

IL, Larger number of units outstanding at any one time
{Tump sum capital requirements higher)

111, Higher Present Value for annual capital charges
IV. Higher Present Value fpr annual net cash inflow
Y. Net Present Value (IV-III) greater

YI. Hedge against inflation

VII. Detrimental techﬁo]ogy effect

on the asset if purchased immediately. For example, i ;
the price of a SPS would fall an average of 20 percent CHAPTER 8
_per annum while the return, if purchased now, would REFERENGES

be 15 percent, it wouid pay to wait until the former rate
fell to match the tatter. Techniology and price are
reciprocals of each other. It is possible, however, that
changes in demand could offset this relationship. For
most practical purposes, however, changes in supply
{technolagically based) and demand can be assumed
independent of each other. Thus, increases in supply 15, 1976. , " »

can be expected to result in lower prices than what ,a'?‘ DOEb‘-‘-"”_- E_-HO-. MEBSU{ement Systems-
would ctherwise be anticipated, For SPS units, this APPlication and Design,” McGraw-Hill, New York, NY,

A . . . 1066
henomenon might be especially approrpiate with ' ) A .
?egard 1o solar ceﬁi development. y app 8-3 Op cit, JSC, "Inital Technica!, En-

vironemntal, and Econamic Evaluation.”
In sum, those consideration which bear an important 8-4 McDonnelt Douglas, Optimized Cost Per-
influence on scheduling decisions are: (1) forecasted formance Design Methodology, Volume |1l, 'Data
market demand; (2) anticipated relative price in- Review and Analysis,"” Book 3, “Detatl Cost Analysis.”
creases of relevant resources; (3) anticipated tech- Report G975, Cantract NAS 2-5022.
nological advances: (4) expected internal rate of 8-5 Planning Research Corporation, Analysis
return; and (5) the aliernative cost of funds (cost of and Derivation of Cost Estimating Relationships and
capital). Increases in factors (1), (2), and {4), would Trends for Airframe Structural Elements of Advanced
generally favor faster scheduling while increases in (3} Space Transportation . Systems, NASA CR-132736,
and (5) would favor slower scheduling, The determina- Contract No. NAS 1-13869,
tion of the economic desirability of any scheduling 8-6 Ramos, A.; Costigan, M.; Banch, G. T.; and
scheme must include a careful study of all these fac- Chisholm, G. Jr.; “A Technique for Using Cost as
tors and their potentfal influence on the project and Design Parameter,” JSC Internal Note, May 10, 1973,
~ each other. '

8-1 “Initial Technical, Environmental, and Eco-
nomic Evaluation of Space Solar Power Concepts,”
Volume |, Summary, JSC 11443, Advance Copy, July
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CHAPTER9
FINDINGS AND RECOMMENDATIONS

2.1 SUMMARY OF MISSION
ALTERNATIVES

Initially it was the intent of the design team o consider
four alternatives as regards transportation and con-
struction of the solar power satellite. These included:
(1) partia! assembly in LEC, and {2) complete assem-
bly in GEO where chemical propuision would be used
for interarbital transfer; (3) partial, and (4) full assem-
oly in LEO where transportation to GEO would be by an
electrical propulsion system. Technical and econom-
ical reasons, and to a lesser extent time limitations
resulted in a conceniration on two of the four alterna-
tives. The scenarios which received maximum con-
sideration {Fig. 2-2, Chapter 2) were construction and
assembly at GEO using chemical arbital transfer vehi-
cles for LEO to GEO transportation, and preliminary
construction of modules at LEC and subseguent pro-
pulsion to GEO using electrical thrusters attached io
the modules. Final assembly of the modules would
then occur at GEO.

The remaining sections of this chapter report the find-
ings and recommendations for future research and
development,

9.2 FINDINGS

This section presents condensed versions of the find-
ings which are developed in the body of the report. In
addition to these findings, the study concluded that a
nurmber of technical areas required additional research
and development. Section 9.3 lists these research and
development topics.

The scope and complexity of the solar power satellite
and of the various transportation systems tagether with
the time limitation imposed on this systems deseign
study prevent the deduction of absolute conclusions.
All of the findings herein should be read with cog-
nizance of how they were daveloped in the eatlier
chapters where giound rules and working hypotheses
were stated. The findings can be categorized as
belonging to one of three classes. In the arder pre-
sented, these classes are transportation, space en-
vironment, and the solar power satellite.
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9.2.1 Transportation

9.2.1.1 EARTH LAUNCH

1. Preliminary analysis indicates that regardless
of the mode of interorbital transfer (chemical or electri-
cal), an equatoriai launch site presents several well-
defined technical advantages over allernative sites
such as Kennedy Space Center,

2. Investigation of characteristics and mission
kost projections of various heavy lift launch vehicle
candidates indicated no obvious choice as the optimal
vehicle, A major reason for this uncertainty is that
ecovery and refurbishment costs of these vehicles
may exceed 50 percent of the {otal mission costs and
at present almost no reliabie costing information exists
for this area.

9.2.1.2 CHEMICAL PROPULSION

3« For chemical propulsion, complete assembly
at GEOQ of the solar power satellite is recommended.

4. In order to reduce costs and provide opera-
tional simplicity all stages of the chemical arbital

. transfer vehicle should use common components and,
" whenever possible, should be identical units.

5. Models of the orbital transfer vehicles are pro-
posed in order to generate gross mass numbers and
flight cost features. The models encompass a reduc-
tion of independent variables to enable linear scaling
in terms of payload mass, vehicle cost per mass, and
the staging,

6. Initial analysis of the two modes of OTV pro-
pellant resupply, namely, transfer of propeliant fank
and transfer of propellant (refuel), resulted in the con-
clusion that propellant tank transfer is the more pro-
mising mode, '

7 . Potential opportunities for secondary uses of
expended items (for example, propellant tanks and

shrouds}, exist in such areas as radiation shields, prim-

ary structures for support base and habitability
modules, storage and debris receptors, and in the solar
power satellite itself, in either an unmodified or




modified form.

8. A simple, systematic technique of surplus
tank disposal was developed and is reported in
Chapter 6. _

8.21.3 ELECTRICAL PROPULSION

9. For the electrical propulsion mode, partial as-
sembly of the solar power satellite in square modules
at LEO is recommended.

10. |t is planned for each module to propel it-
seif and certain items of cargo congisting of supplies
and components for final assembly to GEQ im-
mediately upon completion of construction in LEO.

11. Propulsion of the modules to GEO will be
provided by two rotating clusters (one degree of
freedom) of engines located at opposite vertices of the
square madule,

i2. The hydrogen electric arcjet engine ap-
pears fo be the most likely choice for thrusting the
modules to GEO.

41 3. Modular construction at LEO and immedi-
ate launch o GEO reduces the probability of collision

“with space debris (compared to that of a completed

SPS) by a factor of 1/n where n equals the number of
modules.

14. Energy for propulsion and control of the
modules during transit will be provided by deploying a
portion of the solar anray in the center of the maodule.

15, Solar arrays and control sections are ex-
pected {o require protection ftom the exhaust plume of
the thrusters. Protection will be provided through loca-
tion of the arrays or by use of deflection shields.

16. Deployment of presently available silicon

solar cells would result in a degradation of approx-

imately 81 percent for a 54 day transit time calculated
on a base of 9.6 x 10° percent degradationfrad and 1
glem?® of shielding.

17. The antenna rotator attachment, antenna

V construction, and quick assembly of array modules will

be accomplished at GEO,

9.21.4 PERSONNEL TRANSPORTATION

1 8. For both chemical and electrical propulsion
modes the crew transportation system will utilize some
forms of persennel carrler module (| 2M).

19, Passenger transit between earth and LEO
will be achieved by docking the personnel carrler

module into the payload bay of the orbiter portion of a -
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modified shuttie or shuttle derived vehicle.

20. For GEO construction, and with & chemical
propulsion system, the interorbital (LEC-GEO) transfer
of personnel in the PCM will use a dedicated chemical
OV fleet. '

21. For LEO construction of modules, and with
an electrical thruster system, movement of the PCM
will require the use of a new chemical personnel or-
hital transfer vehicle (POTV).

8.2.1.5 TRANSPORTATION ECONOMICS

22, The cost comparison between chemical
propulsion and electrical propulsion, using the best
avaiiable information for both systems, yielded in-
conclusive results as to which would provide the lower
cost system. The degree of possible error in the daia
will need to be reduced in order to warrant further con-
sideration.

23. An equatorial launch site presents the

possibility of considerable cost savings provided the

costs of building the site and ground transportation to
the site are not significantly greater than similar costs
at Cape Kennedy.

9.2.2 Space Environment

24. Geomagnetically trapped radiatic.
stitutes a severe restriction on the use of currently
available silicon solar cells for electrical propulsion in
orbital transfer.

25. Manned operation in LEO or GEQ is possi-
ble for four moniis with a 2g/em? shield under present
radiation standards,

26. Solar flare events make heavy shielding
necessary in GEO. Expended items of equipment may
possibly provide low cost shielding if refurbishing
measures are kept simple.

27. Legal aspects of present Space Radiation
Standards need to be reconsidered prior {o application
fo future crews, Future crews may come under more
stringent industrial standards.

9.2.3 Sclar Power Satollite

9.23.1 STRUCTURE

28. The truss configuration follows established
structural design methods, whereas the column-cable

" configuration requires solutions -to a number of

unresolved questions.

29. Final assembly at GEOQ will be by simple,
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quick connect procedures.

30. Use of canventicnal thin wall tube structure
with rigid joints is preferable to less stable forms o
structure.

31. Use of a column slenderness ratio greater
than 150 eliminates the need fo use high-strength
atloys or composites.

2. Nodes or "hard spots’ must be provided for
aftachment of thrusters, antenna, switchgear, etc.,
where portions of the structure are to be transported
from LEO fo GEO in segments or modules.

0.2.3.2 FABRICATION AND ASSEMBLY

33. Control system requirements during the
GEO construction phase, or for final assembly in GEO
of the square modules transferred from LEQ, may be
more difficult than control requirements afier project
completion.

34. Onsite space fabrication of certain simple,
basic units is more desirable than receiving prefabri-
cated pieces from the ground.

3%. A high degree of automation is essential if
the high assembly rates indicated are to be achieved.

8.3 RECOMMENDED AREAS OF
RESEARCH AND DEVELOPMENT

8.3.1 General

4. The technical and economical advantages of
an equaterial launch are judged sufficient to recom-
mend an indepth analysis of alternative sites and their
implications for the SPS program.

2. An investigation of the risks and costs of
recovery and refurbishment of HLLV's is considered
necessary. Especially important is a cornparison bet-
ween horizontal ground landing candidates (2 stage
- winged) and vertical water landing candidates (2
stage ballistic). The rationale for this is that projected
space programs of the immediate fulure (next quarter
century) will almost certainly benefit from vehicles

with a high reusability fackor, and, in fact, support for

future programs can be partially based upon the fact
that economical earth to LEO transportation is availa-
ble.

3. Further mission and cost analysis is recom-
mended for expendable OTV propellant tanks, OMS
units and shrouds versus the use of an HLLV with a
second or third stage capable of LEO retrieval of tanks
which could be refueled on earth and reused.

9.3.2 Chemical 'Propulsion

4. Development of a simple, efficient technique
of cryogenic fransfer in space is needed.

5. More consideration should be given fo the
compatibility of the physical characteristics (dimen-
sion, mass, ete.) of the OTV stages with the HLLV
payload configurations and capabilities.

6. Additional investigation is recommended into
secondary uses in space of potentially expendable
items such as propellant tanks and shrouds.

9,3.3 Electrical Propuision

7. In order to seriously consider electrical pro-
pulsion as a form of fransportation during the early
years of the proposed SPS program, it is necessary to
initiate a dedicated research and development pro-
gram now.

8. Further analysis of the reusability potential of
electrical thrusters is needed.

9. A study of the effects of exhausted pro-
pellants from electrical thrusters on man's environment
and on the SPS modules is recommended.

10. Study methods for optimizing orbital
transfer through simultaneous plane change and
altitude change should be devised.

9.3.4 Economics

44. Thers should be additional economic
analysis- undertaken of the SPS project fo determine
the volume of resource usage involved and the effect
such usage will have on the national economy.

i2. Electrical market analysis for the sales of
SPS output, particularly in terms of regional markets,
should be ar ~tly expanded.

9.3.5 Space Environment

1 3. Concerns for the potential effects of radia-
tion resulted in the following recommended areas for
additional study: '

a. Long term exposure of solar cell candi-
dates to Van Allen Belt radiation. '

b. Long term chronic exposure of personnel
to "low level” radiation.

¢. Potential consequences of solar flare ac-
tivity upon the SPS and construction personnel in GEO.

d. Revision of the legal aspects of Space
Radiation Standards.
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14. Another area of concern centered upon the
quantity of space debris and the potential hazard it
presents to the proposed Solar Power Satellite pro-
gram. The following recommendations are suggested:

a. Design and fly an orbiter payload whose
purpose it is to monitor the buildup of objects in earth
orhit.

b. Plan and instiiute a program to return or
dispose of objects from space which no longer serve a
useful function.

9.3.6 Solar Power Satellite

9.3.6.1 STRUCTURE

Further study and research are recommended on the
following aspects of design and construction of struc-
tures in space:

15. Development of new materials, such as
metal-matrix composites, etc.

16. Development of radiation-resistant
materials such-as plastics and plastic composites.

17. Development of suitable adhesives for
proper {long life) bonding in the deep space environ-
ment.

18, Fusion welding technigues for thin-walled
members to be used in space.

48. Quick joining methods for modular con-
struction in space.

20. Automated manufacturing and fabrication
methods in space,

a.  Analyze baseline SPS configurations in

order to determine “basic buiiding blocks"” of the

various portions of the satellite.

b. Determine potential functions o be per-
formed at the space base; candidates might include
processing, roliing of stock, fabrication, grrwung of
crystals, and assembly.

¢c.  Find materials most amenable to limita-
tions and benefits of space processing and manufac-
turing.

d. Examine all potential sources of raw
materials needed at the site including earth, lunar, and
expended items from the transportation system.

e.  Attempt to evaluate the extent of human
resources, material resources, energy, and support
equipment necessary to carry out the various functions
required.

f.  Examine logistics, orbital location, and
economics of a space manufaciwring site.

24, Development of an appropriate *'Struciural

Index" for large space structures.

22. lidentification of thruster characteristics
(size, shape, mass, power, etc.) for orbital transfer of
structural segments or subassembilies,

9.3.6.2 FABRICATION AND ASSEMBLY

23. Study problems of controlling the SPS
structure during and after construction regardless of

whether construction is done entirely in GEO or is .

merely the assembly of modules transported from LEQ,

9.3.6.3 SPACE BASED MANUFACTURING
SITE

&, An indepth study of the potential benefits of
creating a space based manufacturing site (in support
of the salar power satellite program) is recornmended
Areas of interest include the following:
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l.  INTRODUCTION

Background

NASA has recently begun consideration of operating large systems in geosynchronous orbit. In particufar, con-
sideration is being given to satellite power systems (SPS) which may involve many square kilometers of area and
milliens of kilograms in weight. These are large, rigid, structures which must be assembled or manufactured in
space from much smaller subassemblies, modules or materials. Among the most significant questions which such
an assembly operation raises is how to transport and where to assermble the final system. For instance, is it best to
assemble an entire satellite in a low earth orbit and then transfer it intact to geosynchronoue orhit or is it best to as-
semble it directly in geosynchronous orbit?

Objective

Accordingly, the objective of this study is to investigate and determine the relative merits of various approaches to
transporting large quantities of material from earth to low earth orbit and subsequently to geosynchronous orbit. The
investigation will Integrate considerations including propulsion systems, orbital mechanics, structures, power
systems, environmental (radiation) effects, operational suitability, manufacturing, and economics.

. TASKS

Very briefly, NASA will provide an objective, certain constraints on its execution, and available information on all
reasonable propulsion systems and transfer profiles. The study team will then define, evaluate and compare various
alternatives. Three scenarios for accomplishing the overall objective will then be developed, evaluated, and com-
pared, :

NASA will provide a “baseline” SPS design for a functioning satellite in geosynchronous crbit. It will include
weights and various functional and structural characteristics. NASA will also provide Information on a number of pro-

_ pulsion systems and their characteristics for (1) accomplishing a-low earth orbit rendezvous and (2) a geo-

synchronous rendezvous. For the alternative of accomplishing assembly in low earth orbit, teasonable propulsion
systems and their characteristics will be identified for {3) transporting the SPS intact to geosynchronous orbit and
(4) transportlng various degrees of partta!ly assembled satellites to geosynchronous orbit for final assembly

, It will be assumed that the assembly operations will require man and manned transportatlon to and from fow earth
orbit and geosynchronous orbit will be considered in final comparisons. No in depth consideration will be givenin -

this study to special assembly techniques, but only to the transfer of subassemblies to a stationkeeping point and

"+ the definition of the degree of assembly to be.accomplished on the ground; low earth orhit, and geosynchronous or-

bit, respectively.

There are related NASA studies from which the latest infarmation will be made available to the summer study team.

They are the Space Power System, Orbital Assembly, and Structural Analysis studies being done by JSC and the

Heavy Lift Launch Vehicle Study being done by MSFC. .

It COMPARE ALTERNATIVES -

Far each of the four kinds of transportataon tasks listed above, the study team will compare and evaluate the iden-
tified candidates. Suitable criteria will be developed which will include, but not be limited to the following kinds of

- .interretated COUSIdEFﬂtIQnS cost (m_cluc_j;_ng_ any penalties in power genetation due to transfer tlme)_, reliability,
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design complexity and fzasibility, operational difficulty and flexibility, subjection to radiation damage, satelllte
structural considerations, and so forth,

IV. DESIGN PARAMETRIC APPROACHES

Based on the comparative analysis, the study team will develop scenarics for accomplishing each of the following
approaches to the transportation problem:

o All assembly in fow earth orbit and intact transfer to geosynchronous orbit.

o A degree of partial assembly in low earth orbit and fina! assembly in gedsynchronous orbit.

o All assembly in geosynchronous orbit.

These scenarics will include such items as propulsion systems definitions, weights, maneuver sequences, and pro-
pellant requirements. They will consider disposable vs. reusable vehicles and define manufacturing requirements.

V. EVALUATE APPROACHES

The three scenarios wnl be evaiuated and compared Conmderatlons will be made for manned participation in as-

sembly (in accordance with information supplied by NASA) in the sense that manned participation in geo-
synchronous orbit is more costly than in low earth orbit. Evaluation criteria will be established and will include such
jftems as costs {including R&D, manufacture and operations), reliability, operational suntablllty and. complexity,
safety, radiation degradation, and so forth.
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DATE

June 9@
9:00 am

~June 9

1:00

June 10
9:30

June 10
1:00 pm

June 10

2:00 pm

June 28 .

1:00 pm
July 7

2:00 pm

Jity 8
3:00 pm

July 26
3:30 pm

RECORD OF SEMINARS
NASA-JSC PERSONNEL -

NAME LOCATION
| - Bidg.  Room
Clarke Covington 32 220
Lyle Jenkins B 32 .220
C. R. Hicks a2
Harold Benson 32 220
Edward Hays 3 o920
- Victor Bond - _ T-600
Ear| Crum Lecture Room
Fred Stebbins : 13 267
Bernard Stuckey e
Astronaut Jack Lousma T-600

Lecture Room

_Mfchae[ Z Lowenstein 13 108

182

Topic
Satellite Configuration

Construction

- Operations

Economics

Background, Eneray Resources

Orbital Mechanics

Adage Computer
Graphics “SPS Simulation”

- Skylab and EVA

_Ene’fgy and the Environment

e -
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RECORD of SEMINARS

JSC Contractors
, DATE NAME ' ~ LOCATION TOPIC
y Bldg. Room
' dune 8 . Elden Davis 32 200 - Future Spaée Transportation
1:00 pm Gordon Woodcock System '
Boeing Company - :
] June 23 . Al Nathan 32 150 Orbital Construction
L 9:00 am Ray Pratt _ Dernonstration Study
;’ _ Gumman Company :
Cduly 7 .. Peter Glazer . - T-800 The Satellite Solar
11:30 am Arthur D, Little, Co. Lecture Room  Power Station -
Aug. 6 Henry Wolbers 32 200 Space Stations
o -7 .7 B30am - - McDonnell-Douglas - . . o
Astronautics Co,
DESIGN TEAM
RECORD OF SEMINARS

In-House Seminars

DATE NAME ~ LOCATION TOPIC
| ' Story - . i Orientatiofi duction
' ' . H. St : ~ .. T-500 Complex . Orientatiofi and Intro
;ugg. :.m : ¢ > ' ' to Systems
June 18 Harm Buning T-500 Complex  Orbital Mechanics
100pm. S SRR R
E June 23 - Mike Mezzino - T-500 Complex ~ Computer Graphics -
9:30 a.m. : -,




i

June 24

(Thursday)

June 28
(Tuesday)

- Bldg. 1,

Room 966

duly 2
{Friday)

July 9
(Friday)

July 16

(Friday)

 July 23

(F\fiday) ’

“July 30

(Friday}

1976 SEMINAR SCHEDULE

NASA—ASEE Systems Design and Research Faculty Fellows
© 1:00-300PM - :
Auditorium of Building 30, JSC unless otherwise noted

"Faod Production in Arid Regions"_

Mr. Dewey P. Compton
- Agri-Business Director

KTRH Radio

Houston, Texas

“NASA Space Shuttle Pragram Planning”

Mr. R. Wayne Young, Manager
Shuttle Research and Scheduling Office
NASA Johnson Space Center

Houston, Texas

"Geothermal Energy Resources in the U.S.”

Lr. Glenn E. Coury

Consultant: - Geotharmal Energy, Water Desaltlng, Reuse and Dlsposal Environmental
Studies .

Denver, Colorado

“Gasification and Liquefaction of Coal as Alternate Energy Saurce to Petroleumn™

Professor Dale Briggs

Chemical Engineering Department
University of Michigan

Ann Arbor, Michigan

' “U.S..Energy: Today 'and Tomorrow"

Dr. John J. McKetta

Chemical Engineering Department
University of Texas

Austin, Texas

"

"Transitions. of lntematlonai Terronsm Related to Changes in Technology

Major John D. Elliot
U.S. Army; Concepts Analysis Agency
_Aberdeen Maryland

“The Technology of Custom Quaiity Handmade Paper

Mr. Howard Clark
Twinrocker Handmade Paper. Company
Brookston, Indlana <
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NAME

Arndt, Dickey
Babb, Gus ©
Bailey, Vernon
Benson, Harotd
Bond, Victor

Bristow, Robert B,

Covington, Clarke
C'rum. Earle
Hicks, Clay
Haoaper, John
Jenkins, Lyle
Jones, Mac
Kessler, Don
Livingéton. Louis
Ried, Bob

Baiamonte, Frank
Davis, Hugh -
. Harron, Ron

Kosinki, Robert E .

~ Smithson, .Jerry'
Webb, Debbie

OTHER NASA CONSULTANTS

" Microwave System ]

Economics

NASA TECHNICAL ADVISORS

SPECIALTY

Microwave System

* Orbital Mechanics e
Mannizd Environment (Radiation

Economics _

Orbital Mechanics - Mission Planining

HLLV

Sateilite Design _ n
o1V L ,
Operations
Thrusters

Construction and Assembly

Model Development

Objects in Space

Satéllite Design

Thermal Considerations

Micro-Electronics
Transportation
Costing

Propulsion Tanks
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APPENDIX E—SYSTEMS ANALYSS

Group Organization _ '

To investigate the problem described in the staterent of wark (Appendix A), the design fellows were organized
into two teams of nine members, The teams, designated Red and Biue, investigated the two primary types of pro-
pulsion, electrical and chemical {Figure E-1 and Table E-1), Each team selected a captain to serve until the seventh
week of the project. Recorders were also selected to keep records of all team proceedings. After midterm, the two
teams were consolidated to synthesize the research data for the technical report. Six groups were formed in the
transition (shown in Figure E-2) after midterm, Editors were appointed in each group; membership varied from three
to six persons, The main body of the technical report résulted from this group organization—one major chapter from
each group. Table E-2 lists the contributors to these chapters,

The administrative organization for the institute is shown in Figure E-8. In addition to the two primary technical

-advisors from the Urban Systems Office, fourteen technical advisors were assigned for program support, This

enablec’T the design fellows to work frequently with Johnson Space Center personnel on a one to one basis.

Program Control

During the first week of the program, a GANTT (progress and status) chart was developed for the five phases of
the systems design process. The first task in developing this chart was to determine the controlled and intermediate
milestone dates, Secondly, a design process was identified and articulated with the nature of the subject being in-
vestigated. The chart was used primarily as a communication tool—for the management reviews and the design
feflows, Figure E-4. '

A second technigue was utilized to explore relationships among the various activities and tasks. This technique,
called PERT (Program Evaluation and Review Technique) revealed interrelationships and priorities better than the
GANTT method. Since the project was in existence during a fixed time period of eleven weeks, no attempt was
made in determining a critical path through the network, Figure E-5 shows the final PERT Network for the entire pro-
ject. The events, represented by numbers and circles, are simply points in time, The various activities are repre-
sented by letters of the alphabet; each activity is assumed to consume both time and resources. Dummy activities
are represented by a dotted line and arrowhead; their purpose is merely to show relationship between fwo evenis.

Systems Analysis Fiow Chart
Figure E-6 shows the systems analysis flow chart used in preparation of the final report. A systematic plan for ex-

ecution of the technical report was formulated first, then represented graphically on the chart. Preliminary.

milestones aré represented i the first column of elliptical shapes. The five main parts of the report are represented
(with the various m;lestonws) in 1he second column, _

HED TEAM BLUE TEAMW
“HINE MEMBERS HINE MEMBERS
| ErEcmicar CHEMICAL
FROPULSION - PROPULSION
LED ASSENBLY GEQ ASSEMBLY

PURPOSE: TO RESEARCH AND DEVELOP
PROJECT SCEMARIOS AS PRESCRIBED;
DESIGN PARAMETRIC APPEDM‘-HES 70
THE PROBLEM.

FIGURE E-1
TEAM ORGANIZATION

188

e AT R U e e 53 VT




B | T

b
H
%

“avipwr

s’

_ LEQ TO GEO
{ELECTRIC PROPULSION)

GROUND TO LEO |

ECONDMICS

STRUCTURES

LEOQ 7O GEO
(CHEM, PROPULSION)

TRANSITION)

SOLAR POWER SATELLITE STUDY

FIGURE E~2 GROUP ORGANIZATION (MID-TERM

e e e b e i i st

NASA

ASST, DIR. FOR

PROGRAM DEVELOPMENT
ROBERT 0. PILAND

NASA

URHBAN  SYSTEMS OFFICE .
" HAROLD BENSON
HARMON ROBERTS

T
I
NASA i

JSC LIBRARY

TECHNICAL SUPPORT

SYSTEMS OFFICE
SPACECRAFT DPESIGN
FLIGHT CONTROL

FUTURE PROG.
{14 REGULAR ADVISORS)

U H LIBRARY

DOMESTIC SERVICES

JSC DATA CENTER
UH DATA CENTER

W, GRAFF (UH. BARBARA EANDI
ASSOCIATE DIRECTOR |. CO-DIRECTOR [4SCY

CHARLES H. STORY C.J. HUANG
STUDY MANAGER €O DIRECTOR {U.H)

DESIGN TEAM
{I& DESIGN FELLOWS)

ADMINISTRATIVE ORGANIZATION 1976 INSTITUTE

FIGURE

E-3 -

,ACTIVIT?I»PHASE,

WEENK

als|e ] 7|l 8ijoe’

1611

PLANNING PHASE
ADVANCE PLANNING
LOGISTICS, PROCUREMENT

DEFINITION PHASE
ORIENTATION
TEAM ORGANIZATION
PRELIMINARY" RESEARCH
ESTABLISH STUDY CRITERIA

PRELIM. COST IDENTIFICATION

l WAHUNS. JUHE 17 WORK STATEMENT DUL

ANALYSIS PHASE
COST ANALYSIS .
SCENARIO STUDIES
RED TEAM-ELECTRICAL
BLUE TEAM-CHEMICAL
EVALUATION PROCEDURES
MID-TERM PRESENTATION

WED.JULY 2P 3y

iC A I

|- swen. dune 30 ManastueHT REVIEW

uRg. JULY 22
LATHTATION,

3= TERM

H. JULY |4+18 INDI¥IDY
[TEHEATIVE]

AL FAGIREES REPORTE

1.50-2:08 P MID~TEAM
BLOG. 1, RM. NKE 'i

SYNTHESIS PHASE
DEVELOP CONFIGURATIONS

WRITE REPORT DRAFT
FINAL PRESENTATION

GRAPHICS, VISUALS, MODELS _

+
ThuNs aus.s |
wUNAEAST noview
MOH Ay & ORAPUCE
FLANS DUESTEAK
weo.sue i FinzT

& DRAFT QUEZ
EYERTOME
{ 3 .

TERMINATION PHASE
PROJECT WRAP-UP
EDIT FINAL REPORT

| T 4

21

s j5 iz - Jla_l2s 2

WED. AUS, |1 FINAL PREZENTATION (1:00~2:00 FH)

FRI. A0, 20 FINAL BTATUS CHEEK v
THUAS. AUG. 28 FINAL REFORT EDITED @

s s [

JUNE 7 ¥0 AUGUST 20, I$7T6

JUNE

NASA/ASEE ENGINEERING SYSTEMS DESIGN GROUP

_ ~* FIGURE E-4 GANTT GHART
URIGINAL PAGE
‘OF POOR QU o

ALITY 189

JuLy

# CALTICAL DATES ICONTROLLED WILTETOMER)

AUGUST -

W INTEAMEDIATE MILESTONES




A, ADVANCE PLAKNING

Az ADVANCE PLARNING

LOGISTICS, SYPPLIES

LOGISTICS) SUPPLIES

FILOT COMFERENCE

ORIENTATION {UH)

NASA ORIENTATION

GROUP ORGANIZATION

INFORMATION ASSIMILAYION

. PRELIMINARY COST 1D,

Hy COST ANALYSIS :

I RED TEAM ORGANIZATION

Iy BLUE TEAM ORGANIZATION

J SPS SEMINARS

K Ad Hoe GOMMITTEE ORGANIZATION
GOMMITTEE FUNCTIONS

Qmom
iyl ok

T amnmoa

L
MB SUPPORT DATA

MgB DAYA SYNTHESIS
MR SUPPORT DATA
MgR DATA SYNTHESIS
Ny TEAM MODEL

s

PE.R.T. NETWORK

N, TEAM MODEL
_0;B DATA SYNTHESIS
“0;8 SUPPORT DATA
O)7 SUPPORT DATA
O,R DATA SYNTHESIS

Q8 BLUE SCENARID
QR RED SCENARIO
R MID-TERM PRESENTATION
S EVALUATION PROCESURES

{ | T ECONOMICS cLUSTER

Te TEGHNICAL GLUSTER

] | Ts EMVIROMMENTAL CLUSTER
T4 SUPFORY CLUSTER

|| u} economies bRAFT

FIGURE E-5

¥ oo

: YL “7)
W . b

0

o8

190

| . o Uy TECHMNICAL DRAFT .
Ux ENVIRONMENTAL DRAFT
\ L Uy SURPORT DRAFT .
15 - 2| ) v} pRESENTATION ORGANIZATION

P TECHNICAL SUPPORT, HASA ADVISORY

Dacision Mofrizess Trade-OIf1 Studing
Eeapomic Mode!; Conflg. Models,eic.

NXES

{ FINAL PRESENTATION

COMMITTEE QPERATIONS
FINAL DRAFT

EDIT FINAL REPORT
PROJECT WRAP-UP




SYSTEMS ANALYSIS FLOW CHART . 1976 NASA-ASEE FACULTY
e e INSTITUTE
FINAL REPORT JSC HOUSTON, TEXAS

REFORT CHAPTERS

PART 1
REFEAEHELS - Fn!l.el:mulr
S HDAUE S SECTION
Mo AU e

RELILINAN Ml;g:lfcll!nn
L] IMARY L Y
GRARHIEY - D AUG
WO ARG, 4 eélld!l!“‘

wairme " paAT Mt A8

CaLtuLAT sHE FRACESNG
ROUGH 4 WAIH BOOT -
DAeT uo#Ee TreING byt SgUFLETED
PART 1V
. YERMINAL
. 3eCTION
O AUg Y
; ER : FART ¥ N !
e . L’ anpenarces
g 2L . MO AT 4 |
LLaEuD = . !
() uiesronea-tromrs W Tc) o : ) : REPORT £0FY .
MO & MILTITONL DATIS . : . . READT -
HDQCT. *Te

&

FIGURE E-6

191

e s o W e ko




TABLE E-1

STUDY TEAMS

RED TEAM

' (E_Iec’tricél Propulsion)

NAME

Fred Lewallen
Tom Gerson
Knud Pedersen
PN, Rao

" Tort De Fazio

Salvador Garcia
Norman Weed

"Mike Mezzino

Harm Buning (Captain}

BLUE TEAM

PRIMARY INTEREST

- Power System; Propulsion

Power System; Propulsion

" Environmental

Structures
Structures; Dynamics; Stability; Controls
Manufacturing; Fabrication
Economics '
Operations and Planning
- Orbital Mechanics

" (Chemical Propuision)

- NAME

Reinaldo Cintron
Min-Yen Wu
Bernard Mclntyre
John Weatherly
“Kenneth French

. Chung Liu

Fuel Kennedy
Norman Schnurr
Dale Cloninger (Caplain)

VP S
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Chemical Propulsion
Satellite Power Generation
Sateliite Power Transmission
Orbital Mechanics
Structures
Meanufacturing
Operations and Planning
Environmental '

- -Economics -+ -
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| Chapter No.
CHAPTER 1
CHAPTER 2
CHAPTER 3

- CHAPTER 4

CHAPTER 5

CHAPTER 6

CHAPTERT7

CHAPTER 8

CHAPTER 9

L'»-*- N e

TABLE E-2

" REPORT ORGANIZATION

Title

Summary

Introduction

-Structures

Transportation to Low Earth
Orbit

Orbital Transfer by .Electric
Propulsion C

- Oroital Transfer by Chemical .

Propuision

Construction of SPS:

‘Fabrication and Assembly -

. Economics

Findings, Conclusions,
Recommendations
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Contributors

Editors

_ Editors

. De Fazio (Editor) . -

Rao
French

Weatherly (Editor)
Cinfron’
Kennedy

Lewallen (Editor)
Pedersen :
Gerson

. Buning

French (Editor)
Kennedy

~ Liu (Editor)

Wu
Mcintyre
Garcia

Weed (Editor)
Mezzino .

" Schrurr

Cloninger .

Editors
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ACS
ADL
ASTP
BLOW
BP

CEQ
cLv

CMG
CoTvV
CPS
cY
DDT& E
DOL
DT
EDF
EIA
EMU
EOS

- ERDA

EVA
FPC
FY
GEO
GLOW

GW

HLLY
IPS:

Isp

JSC
JURG
KSC

LD

- LEO

GLOSSARY OF ACRONYMS

Attitude Control System
Arthur D, Little, Inc.
Anollo Soyuz Test Project
Boaster Lift-Off Weight

Boilerplate

Council on Environmén{al, Quality

Cargo Launch Vehicle

Control Moment Gyro

Cargo Orbital Transfer Vehicle

Chemical Propulston _Sfage

Calendar Year

Design Development Testing & Engineering
Deploy Only Launcher

Drop Tank '

Edge-defined, Film-fed growth {Silicon)
Environmental Impact Assessment
Extravehicular Mobility Unit
Earth-to-Orbit-to-Synchronous

Energy Research and Develdpment‘Administration
External Tank

Extra-Vehicular Activity

Federal Power Commission

Fiscal Year |

Geosynchronous Orbit

* Gross Lift-Off Orbit

Gigwatts (10° watts)
Heavy Lift Launch Vehicle

~“lon Propulsion Stage

Specific Impulse

Johnson Space Center

Joint User Requirements Group
Kennedy Space Center

Lift to Drag Ratio

Length to Diaméter Ratio

Low Earth Orbit- .
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LHo
LOy
LOX
LRB
mill

MMU

MPD
MPTS
MRCS .
MSC
MSFC

- MSIMS

MT
NASA
NEPA
OBF
OLOW

OMES

OMS

_ OMSF .
oPs

o1V

PIL

PLV

- POP
- POTV

PPLV
PPU
PRS
RCS
REM

CRF -
RV

RMS

" RP

- SECS
 SEP(s)

Liquid Hydrogen

Liquid Oxygen
_Liquid Oxygen

Liquid Replacement (cr Hocket) Booster '
o of a cent \

Manned Maneuvering Unit - ©-°
Magneto-Plasma Dynamics

Microwave Power Transmission System

‘Microwave Reception and Conversion System

Marshall Spacecraft Center
Marshali Space Flight Center

‘Materials Science/Manufacturing in Space

Metric Tons

National Aeronautics and Space Administration

National Environmental Policy Act ' D
Orbital Burden Factor-Ratio of weight placed in Orbit to on-station Welght
Orbiter Lift-Off Weight _

Orbital Maneuvering Engine System

Orbital Maneuvering System

. Ofﬁc_:_e_ of Manned Spaceflight
Oxygen Purge System

Orbital Transfer Vehicle
Payload _
Personnel (and Pnonty Cargo) Launch Veh:cie

‘Perpendicular to Orbit Plane

Personnel Orbital Transfer Vehicle

’Personnel and Priority Cargo Launch VEhIC|E

Power Processing Unit -

- Power Relay Satellite -
" Reaction Conirol System

Roentgen Equiva{ent Man

" Radio Frequengy . -

Refueled Interorbit Vehicle _
Remote Manipulation System (Shuttle)

- Rocket Propeliant (Slmllar to kerosene-typed numencally. e.g. RP-1)

Solar Eljergy Coltection System
Solar Electric Power {System)
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SEPS
SHo
SOwW
SPS -
SRB
SRT
SSLO
SSME

- SSME

SSPD.
SSTO
ST

8T8

TBD

- TBS

TFU
TLM

(T

VAFB
Wp/WPL

Solar Electric Propulsion System’
Hydrogen Slosh |

Staterment of Work

Solar Power Satellite

Salid Rocket Booster

Supporting Research and Technology
Second Siage Lift-Off Weight
Second Stage Main Engine

Space Shu_ttle Main Engine |

'Space Shuttle Payload Data

Single Sfage To Orbit:
Space Tug ' '

* Space Transportation System

To Be Determined

. To Be Supplied

Theoretical First Unit
Telemetry

. Thrust to Weight Ratio (lbs forcellbs mass) |
Vandenberg Air Force Base '
Propellant Weight To Payload Weight Ratio
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NOMENCLATURE 2

a : unit transpartation cost ($/Kg) ]

acceleration (m/s®) j

semi-major axis (m) 'i

8c | unit transportation cost, COTV (5/Kg) " §

T o | unft transpertation cost, HLLV($/Kg) i

S - _ * unit transportation cost, tug {$/Kg) i

A | : area }

b S . width !

bg | | POTV flight cost ($/man trip) i

by T | PLV flight cost ($/man trip) s *

o c . propagation velocity ;

- cp "—_:»"-_ S R propellant unit cost {5/Kg) | . i

cT | | cost of tanks per unit mass ($/Kg) i.

oy | | | cdst of vehicle per unit mass ($/Kg) j

Cp coefficient of drag I

Comy o  development cost allocated to one _fli_rghi %) ;

Cer ~ cost of expendable tarks ;

Co | othér costs (S) j

- Cp _ - _ - propetlant cost ($) 1

CT total coét of transportation per satellite (8) %

1

Cra ©tumarcund cost ($) . :5
Cy | cost of cne vehic‘le ($)

COL. | I t:ut;cin-[ine |

_19.8




diameter

unit charge (1.602 x 10" coulomb) -

Young's modulus

energy band gap (EV)i

fraj'ction'of orbital tranéfer by the cotv

fraction of C6nslru§tion and support pers.onﬁel in GEO
propellaﬁt loss factor , |
propetlant loss factor, COTV

propeliant loss factor, tug

- stage mass fraction

. force

propellant loss factor of COTV
propel[ant‘.loss factor of tug

acceleration of gravity (m/s?)

" standard gravitational acceleration on earth (9,807 mis?) '

shear moduius
universal constant of grayitation

altifude (Km)

orbit inalination
interest rate

moment of inertia

electric current
specific impulse (s)

internal rate of return

electric current density.
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me,G
mg,

=

- METC

MET,T
ma

L

Mp,c
mp,T
mpp
mpLC

mpL,T

Baltzmann's constant (1,3808 x 107 /K )
discount rate
a solar blanket constant

a constant relating the conductor geometric configuratian

vehicle fifetime {trips)
length

vehicle lifetime for the COTV (trip;)

vehicle lifetime for the tug {trips)

mass

mass of support'and construction eqﬁipment in GEO

mass of support and construction equipment in LEO

mass of expendable tan.ks

- mass of expendable tanks of the COTV

mass of expendable tanks of the fug

mass of cargo transported from LEQ fo GEO
mass of cargo transported from earth to LEO
masé of propeuah't per flight

mass of propeilant per flight of COTV

mass of propellant per flight of the tug

‘payload mass

payload rhass of COTV
payloac! mass of ug |
satellite mass

ta_nkage mass.

inert vehicle weight {not inciuding expiendab‘le tanks)

200
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- NCF
NPV

NRY

inert vehicle weight (not including expendable tanks) of the coTv

_inert vehicle weight (not inciuding expendable tanks) of tug

mament
an integer
number of COTV's required per satellite

total number of man trips
number of tugs required per satellite

net césh flow

- net present value

net revenue years
electric power
prdpeilant to payload mass ratio

total probability of collision

the probability of a coflision between the Jth object in earth orbit and the target '

spacecraft .

present value

‘dyriamic pressure, Nim®

heat dissipation

distance from center of earth: (Km)
radius

- radius of earth (6376.4 Km) .

tesistance
radius of curvature

radius of the eaith

required raie of refurn
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L

RY

A

revenue years
conductor thermal disipation surface area

time
thickness

temperature
thrust

* number of trips per satellite for the COTV

orbital lifetime (days)

room témperature

number of trips per satellite for the tug
environmental equilibrium temperatu.re

potential differer__rc:e {volts)
velecity {m/s)
valume

characteristic spéed (Ibca[ circular speed at R.) m/s
leoal circular speed {m/s)

weight {on earth's surface} -

cartesian coordinate

cartesian coordinate
cartesian coordinate

racliation absorpﬂon cdefficient (cm'1) '
angular acceleration

angle

shear strain -

difference in velacity

strain
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SUBSCRIPTS
A
P

P

pld

T VU (N NS, SO

solar cell efficiency

angle

a factor which v’airies fram zero to one
gravitational parameter,. (m’lsec?)
linear attenuation coefficient (cm"i )
Poisson's ratio - -

radius of gyration

resistivity

resistivity at room temperature

siress |

period

circular period

contact potential difference (volts)
angle

angular velocity

periaining to apogee

" propeflant

perogee

payload
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APPENDIX G
ORBITAL MECHANICS DERIVATIONS AND EQUATIONS

G.1 Numerical Constants
(3.2 Commonly Used Equations

G.3 Impulsive AV Orbit Transfer
.3.1 Numerical Data for Low and Geosynchronous Earth Orhits

G.3.2 Coplanar Transfer from LEO to GEQ
G.3.3 Transfer fram LEO to GEO Including Plane Change
G.3.4 Duration of Impulsive Transfer
G.4 Low Thrust Orbital Transfer
G.4.1 The Equations of Motion
G.4.2 Low Thrust Simplification of Equations
G.4.3 The ldeal Speed Increment
5.4.4 Duration of Transfer
G.4.5 Flight Path Angle
G.5 Propellant Ratio Caleulations
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G.1  Numerical Constants

The following numericai earth constants were used in the orbital mechanics caicula’uons presented in this
Appendix and in the text (Ref. G-1).

Gravitational Parameter:
= 3.986032 x 101% m3/sec? (1.4076539 x 1016 £t3/sec?) 6.1-1
Earth radius: ‘
= 6375.4 km (20.917 x 106 ft). ; R

Acceleration of gravity at R

g, = 0.807 m/sec? (32.174 ftfsec) . @13
Characteristic velocity (local circular velocity at Rp): |

Vc = 7,907 m/sec {25,942 ft/sec) - . : : G.1-4
Orbital peﬁod of circular orbit at Ry: i |

T, = 84.40 min, S  B.1-5

G.2 Commonly Used Equations

The following equations, presented without derivation are esrarmonly used for preliminary design calc:ulatlons
in orbital mechanics. They apply to motion about a single central, inverse square force field,

Acceleration of gravity, g:

- '._ s .- . . |
9= g, (Ry/r) G.2-1
Locai circu[ar veloecity, V. lc | | -
Ji7r = v vrmlr | G.2-2
Orbital period, — | | o
3 a7, - : .
= (2my 572 = t, (.R.é.) /2 a3
Relation between speéd and radial distances (from the center of the earth) is an orbit with & semi-major axis
a : _
V2 Lol u )
T"%‘ 2a - R G.2-4
or
V; R a - G.2-4a
206




For speeds at perigee and apogee radii (Rp and R, respectively) we have

o R R

Vc RP a
and

Ya _offa R

Vc RA a

in the above equations, a is the avefage between R and Rp:
)

G.3 Impulsive AV Orbit Transfer

We consider here the two-impulse transfer between a circular low earth orbit (LEO) and an altitude of 500 km
(270 n.m.) to the equatarial geosynchranous orbit (GEO) both for the in-plane case as well as the case involving a

plane change.

@.3.1 Numerical Data for Low and Geosynchronous Orbits
Numerical data for LEO and GEO are the following:

R -
LEO _ 6375+ 500 . 1 g7ga

Ro 6375

From Eq, G.2-3, with 7 = 24 hours:

R
GEQ
R = 6.,6275
D . .

From Eq, G.2-2:

V o ¥ . 1 = m/ .
1CLE0 = c VT.—[W_S‘I 7614 sec

| (24,980 Ft/sec)
- Similarly: __ o
VICLEO = 3071 "/sec (10,077 ft/sec)

G.3.2 Coplanar Transfer from LEO to GEO

Along the elliptic transfer trajectory with perigee and apogee radii respectively equal to Ry go and Rggp (see

Fig. G-1) we have, using Equations G.2-4b, 4c, and 5 (w__i’th a = 3.8568 Rg):
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6.3-3

G.2-4b -

6. 2~4c

G.2-5

G.3.1

G.3-2

G.3-4
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Yo = 9.986 M/sec (32,763 ft/sec) G35
and - ' ' - '
V, = 1,625 M/sec (5,330 ft/sec) | | | G,3-6

To place the spacecraft, originally in LEQ onto the transfer trajectory, a horizontal posigrade AV, is required of

My =Vp -V = 2,372 Msec (7,783 Ft/sec) 6.3-7

To circularize at apogee, without a plarie chainge, a 'posfgrade AV is needed:

AV, =V -V, = 1,446 M/sec (4,747 ft/sec) ' 6.3-8
2 lc A : _
- *“gE0 B |
The total Vis then: 1
AV = AVy 4 AV, = 3,818 "/sec (12,530 ft/sec) S 3
' . (no plane change)- ' G.3-8 \ 1
G.3.3 Transfer fram LEO to GEO including Plane Change ' ' ' ]1

To circularize if the transfer trajectory has an lncllnat[on i relative to the equatorial plane, a dog-teg maneuver
AVp| is required as shown in Fig. G-2. ‘

‘/V + Co= 2V,Y cos i : G.3-9
]DGEO ATTegrg |
For a due-East launch from Cape Canaveral i = 928,5°, For this r_:aSe_ _
avp =1817 Tsec (5963 ft/sec) - 6.3-10
Thn total AV mcludlng the 28,5° plane change is _ o o
V= A+ Ay = 4190 W/sec (13, 746 ft/sec) - O E3-TT

4
l
|
1
1
" VECTORS IN HORIZONTAL PLANE S R _
- .

&V lor AVy)
A

FIGURE G-2 GEOMETRY OF BOG-LEG MANEUVER

COMEHNING PLANE CHAMGE WITH

Fiuu’ns G-l ELLlPTIC'TRANSFER TRAJECTORY oo LT CIRCULARIZATION -
FROM LEO TO GEQ i :
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Following a suggestion in Reg. G-4 it has been verified that a 25.6™/sec (84 ft/sec) saving in total AV can be
attained by making a 2.5° plane change during the perigee bum followed by a 26° plane change at apogee.

G.3.4 Duration of Impulsive Transfer from LEO to GEO
The duration of the transfer, exclusive of time required for phasing, is equal to half the period of the transfer

orbit:
using Eq. G.2-3 . _
t =z =0 (3.853) 3% = 5,32 hours - 6.3-12
2 2 |

G.4 Low Thrust Orbital Transfer

This section cortains the derivation of some equations useful in the preliminaryanalysis of the low thrust
transfer from one circular orbit to another coplanar circular orbit. S

G.4.1 The Equations of Motion

Consider an axis system with its origin at the spacecraft location as shown in Fig, G-3. The positive X - axis is

along the instantaneous velocity vector V. The flight path angle, + is shown positive; its range is -80°< v + 90°.-

The x-z plane is the vertical plane (containing V'and the center of the earth, O); the positive z-axis contains O if
v =0, The y-axis completes the righthanded system.
The equations governing the in-plane motion. (assuming no force in the y-direction) are:

F _ =
m—'a

or the ¥- and z- compongnts

Feooav  F . S o
T '&"1{.' s =m (e-y)V, | G.4-1

where 8 s the range angle measured from some inertial reference line as sho_wn.

i tﬁe only forces are gravi{y and thrust, along V; the equations become:

L-gsiny= 4, S G2

gcos y = (g8 -y )y

s_FAcECRAF'r.l

& HORIZONTAL
rd

“-FIXED REFERENCE
LIRE

. FIGURE G~3 AXIS SYSTEM FOR EQUATIONS -OF MOTION
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 G.4.2 Low Thrust Simplification of Equations

~ With the initial orbit circtilar and with the thrust force sufficiently small compared to the (m-cxblt) ‘gravity force
on the spacecraft, it may be assumed that the flight path angle, aithough no longer zero, remains srpall,

cos y =1, siny 2

and ihat its rate of change is small compared to the orbital rate:

¥ << 8

Thus the equations of motion become

T.g =L |
’ m- T At . : 6.4-3
g=8V - | - G4

Realizing the V = Veosy= re Eq. G 4-4 can be solved for V. Usmg Eq. G.2-1:

- \/—‘:‘F i

which, according to Eq, G. 2-2 is precwﬂ' e Ib:ai c;rculaf speed. In th:s way We obtam a p[clure of the iow-thrust
trajectory: a shallow spiral with the speed always ssual to the local circular value.

From Eq. G.4-5 the time derivative, i:'t% , €an be developed:

dv _ d 1 1y [ dr
EoE YLE) “z,(‘FW? i

e A e e s e R e

;: Substituting the fact that dr is the vertical component of V:
i 4
' . w
%{- = Vs1ny'—:-VY ='JF X,
' we abtain
A d\!= _'I(ll) = -1 -' '
@&« zVZY 7 9 o G.4-6
' G4.3 The Ideal Speed Increment -~ . . . e

» »The ideal speed increment, defined by
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is the increment in speed which the spacecrait would have acquired if the thrust had acted for a period of t secondls

in the direction of the velocity vector at t =0 and in the absence of all other forces. [t is the quantity fo be used in
the rocket performance equation (see Eq. G.5-1).

FFor the spiraling flight under consideration the ideal speed increment can be found by e'lmlnatmg the quan-
tity (g7 from Equations G.4-3 and G.4-6 to give:

d T
%‘*'ﬁ N | | G.4-8
Integration yields:
f . Vl Ca
m ﬁ“"j‘ VeV Y 6.4-9
m v, lc 1c .
1cLEo LEO

Fig. G-4 shows the ideal A V required to raise the orbit from h go toh= hggp: itisa plot of Eq. G.4-9 with the aid
of Eq. G.4-5.

G.4.4 Duration of Tiansfer

For the case of constant thrust acceleratlon,l Equatlorr G:.4-9 gives for the duration of the transfer from hLEO

1o arbltrary altitude:

v
t= 9gg - Ve = ay | 6.4-10
A 7.

G4.5 Flight Path Angle
A good approximation to the flight path angle. ~ can be obtained by ellmmating = from Equations Qd- 3
and G.4-6:

"f"._zl»l o | o G.4=11

- Note that the flight path angle increases with altitude as W decreases, even at constant mass.

Gb Propellant Ratio Calculations -
Commenclng with a form of the classical rocket equation approprlate to lnter-orbit transfer (Flef G-3)

- Y M 2 _sps
.\l.— Ispgoln [ 1mt1al]

G.5~1
" final

and using the nomenclature:
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A relationship between P and fs develops with K and Staging as parameters. For a given mission a specifi'c' |

Ma = empty mass

my = total propeliant mass
= +

"p = Mp1 T M2

mp1 d= pay1qad mgss

p = propellant to payload
mass ratio

K= exb -\l

spgc
fs =
m
f, = ———%?——~
s mp me
p= "o
mpTd

stage mass fraction

value can be assigned to K. If A V s taken to be 4346 m/s (14,260 fps) and 1g5 to be 460s, then K is 2.6200.
The two extreme cases of staging with no paylioad return are a single-stage vehicle expended {lotally dis-

carded) and a single-stage vehicle reused (completely recycled). These are treated as Case A and Case B below

and are ploited on Fig, G-5,

IDEAL VELCCITY INCREMENT,AV

_ ftheec

5
16108 "I-

" km/se

-
—

35878 km {19,359 nm.)

AR ¢! ¢ U V. W

h

.ca

3

‘o 2 .u. ' 1 4 :3.:'
B 12 16 20 24 28 32 3§XI0km

g

4 8 12 16
ORBIT ALTITUDE ,h

FIGURE G~4 - IDEAL AV FOR LOW THRUST -

CIRCULAR ORBIT TRANSFER

20% 10° n.m.

SINGL.E. STAGE

5-  SINGLE STAGE
REUSABLE

- PROPELLANT TO PAYLOAD MASS RATIO
-.4
[]

N

g REUSABLE WITH
ROUND TRIP PAYLOAD

AV=4346 T,
155450 5

v
K=exp (‘n?,j,)aezog

= . =
Brin &%P Vg )

=587

SINGLE STAGE —
EXPENDABLE .

94

1

FIGURE G—-5 STAGE MASS FRACTION
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Case A: single-stage expended (mp2 =Q)

K="+ M+ Myig

Me + mp]d

~ hence:

P=fS (K"])
Kﬁs-l)+1

Poin = K- 1

Case B: single-stage reused

autflight: K = Me + Mpy + M2 + Maig
- Mg * Moy + Moy

return fhght K= e + mE

M

hence: P = f's K- ”
_ K_2 (Fs - 1)+ 1

3 :

A third case Is considered for a fully reusable single-stage vehicle that takes the payload (100%) roundtnp.

Thrs is guven below as case C and is plotted Fig. G-5.
Case C: smgle stage reused 100% payload return

outflight K = Me + '“pi + Moz + Mp1d
| Mg F Moy 4 M1

+ retun flight K = Mo + p2 + p'{d

Mg & Moid

hence P_f (K - 1)

_K (1” —T)+1

6.5-2
4
.
6.5-3
6.5-4



[ e

G-2

G-3
G-4
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ARPENDIX H
STATEMENT LISTING AND SAMPLE QUTPUT

FOR THE TRANSPORTATION COST MODEL
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This program is coded in the BASIC language. A lcop begins at statement 40 and ends at 480 for J =1 to 20
When J=1, the baseline data are used to compute the baseline value of Ct. This value is retained under the label
C9. For J=2, the sensitivity of Cy to the first of the nineteen input parameters is determined. The value of X(1) is in-
creased by 1%, Cr is recalculated, and the percent change in Cy caused by the 1% change in X(1) is calculated.
This is defined as the sensitivity for X(1). As J is changed to 34, . . ., 20, this process is repeated and the sen-

sitivity is determined for each of the other input parameters.

The output gives the baseline values for the 19 input parameters in order. The integer in the left column corres-
ponds to (J-1). It is followed in order by C1, C2, C3, C4, C, and 5. All computer symbols are defined at the end of
this discussion. The first case is the baseline. The next nineteen cases give the sensitivity of each input narameter

in order.

C1
Cc2
c3
C4
Cc8

N1
N2

Ti
T2

Wi
W2
X(1)
R(2)
X(3)
X(4)
X(5}

X(8)
X(7)
X(8)
X(9)

COMPUTER SYMBOLS
total transportation cost, Gt ($B)
cost of transportation of cargo, earth to LEQ ($B)
cost of transportation of cargo, LEO to GEOC ($B)
cost of fransporting personnel ($B)
other fransportation costs (SB)
total transportation cost for the baseline case ($B)
numbet of independent parameters
number of COTV's reguired, Ng
number of tug's required, Nt
sensttivity
number of trips per satellite for the COTV, Tc
number of trips per satellite for the fug, Tt
mass of the satellite (Kg)
mass transported from LEO o GEO (Kg)
mass fransported from earth o GEO

h

.ac

MPLC

- Myc

(FGITIP'C +mET,C)
Le

ar

|""_PL,T _

T
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X(10)  (Fympy +merT)
X Lt
- X(12) b
X(13)  bg
X(4) Mg
X(15)  mgL
X(e)  frc
X4n g
X(18) Ny
CX(19) G

. "... . o \ rGE"ﬁ
(LIGINAL PA
oF POOR QUALITY
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LIS
NORM

10 NIM XEHOI

B0 N=19

30 NZ=N+L

40 FOR J=1 TO N3

5O L= -l

&0 XLLd=3.RE-08

PO XERI=4,E-08

80 XLHI=250000,

PO XLAT=RE000

100 X[51=484000.

110 XLé6I=30

120 XL71=4,E-08

130 XESI=R50000.

140 XLPA=28000

150 XL101=484000,

1460 XE1id=30

170 XL121=,0002

180 XL131=,000065

190 XLL47T1=9,4R2E406

Q200 XL151=352000,

240 XChél=1

2RO XE170=73

230 XL1BI=773.3

24O XL191=0

250 W=, 18135+07 :

860 IF J»1 THEN 310

QPO FOR I=1 TO N

280 PRINT LsXEI1

290 NEXT I

300 GOTD 320

310 XOLI=1.0L%k%rLd

320 Wl=WEXLL40

COER0 TIE(XCLAIRWEXDLATY ZXIE]

FA0  NI=TL/XE6T

350 T2=(L-XC163)KW/XLE]

BEO  NR=TR/XELL

Z70 0 WosWLANLRXD4THNZEX O T4 T IR S TRAX D LOI4XESD
3RO Cl=XDl kW

EFO  CRs(HLRIRXLL60F CL-XE Loy RX L7 KM
400 (R (XFiEJ*XFL/1+XE3“3)$XLL81

410 Da=XI191 _
420 C=C1+C240IHC4H - _
AFY  IF J=1 THEN 450 , v IGINAT] PAGE IS

440 BOTD 440 o OF POOR QUALITY
450  Co=C ' - _ .

450 ﬁ~hBS((C“L9)KC9)*iOO
470 PRINT LyQLsD2eC3v0C4s0e 8
480G - NEXT J

490 STOF

SO0 END
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RUN
NORM

alec N e S A B e 8 OV

= =
=<

12,382
4
12,4382
5

12,4948
&

2,438
7
12,4381
8
12,4381
9
12,4381
10
12,4381
11 |
12,4381
12
12,4396
13
12,4384

J2O000OE-08
4, 0000008
FF0000 .
26000
482000«

J0

4., 0000008
petTeleliio N :

26000

484000,
30
» 0002
00008
9 4RROOE+06
HROO0
1
VE
PIEE
o
8. 5O7HR
0
8. 6833
691214
8. 59732
gt
8,54126
CABO7EA
8. 59742
8, 1274RE-04
B4 654

L AT5672

8. 59722

8. 12742E-04
B.H9732

o
8,59732
0
8.099734

-0
B.5973%

1. 24345E-02

BUP7EE _
C2.PUPELE-Q3

3: 46494

3. 6494

- 3.68087

Fob494
35494
T 6494
3.6494
Fo 6494
3, 6494

346494

B, 544

3. 6454

3.6494

346494
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+ 191353
+ 191353
191353

L19IL3G3

L 1PLEES

191353
191353
191353
o191
L 1B1353
(191353
+ 191353
L1929

+ 12172

0

0




L4
124507
15
124381
14
12,4381
17
124384
i8
12.44
19
12,4381

LONE

8+40819

+ 101562

899734
¢
B, 39732

1+ G3348E-05

B.59732

2999461 E~03

8.59732

1. H3R0BE-0R

B OP732

0

ol

B0 45FL7
3,644
3. 6494
5. 6494
F 6494

F.6494
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APPENDIX I
MODELS FOR DEVELOPING
THE SPS DELIVERY FLEET
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APPENDIX - | MCDELS FOR DEVELOPING THE SPS DELIVERY FLEET

- 1-1 UTILITY OF THE MODEL

A MODEL for the optimum development rate of the SPS population is a crucial prerequisite to decision making for
ihe delivery fleet. Once prepared, the model will provide development rates for vehicle fleets, and their propellant
requirements. Several tabulated schemes have been generated for thiry year intervals, but apparently no attempt
has been made to make functicnal models. These mathematical models would permit changes in the initial and
final growth rates, time periods for development and the generaf scheme of time development.

The relationship between transportation elements, flight scheduling, and satellite construction rates have been es-
tablished. Those relationships provide the necessary link between construction logistics and the material delivery
raie. For example, the material de[wery rate is directly dependent on the derlva’uve of the function describing the
SPS population.

[-2 ECONOMIC CONSIDERATIONS

‘Desireable features of the population (SPS) development in time curve will eventually be indicated by ecanomic

considerations. The fraction project completion vs time praposed by Ron Harron in the Executive Summary of JSC
11443 as a tabulated quantity has been fitied with a parabola and plotted in Figure I-1. No rationale has been given
for a parabolic shape, and it is most likely not optimal. In most industries the development has followed an "S-
shaped curve”. One function which may be sued to generate such a curve is the hyperbolic tangent symmetric
about the origin. This curve is also shown in Figure I-1 for comparison. The factors to be used in establishing optimal
cuive shape would be simtlar to those in section 8.6.3.

-3 THE “HYPERBOLIC TANGENT MODEL"

In the curve fit for Harron's data the parabola was used:

= 0.117&% + 0.21 &

with t, the elapsed time: in years, and N the number of satellites completed. The total after 80 years was 112.

30
Jndt =112 = §
5

The parabola has an ever increasing slope, which in practice does not allow a tapering off of fleet sizes, work crews
and assembly equipment. An alternate consideration may be based on the economic considerations above and
then employing the hyperbolic tangent function. By adjusting the independent variable, the initial and final rates of
change can be equal or different (symmetry about the origin} and can be varied from zero (effectively) to any cons-
tant by ranging over different portions of the curve, Figures I-2 and I-3. The integral is normalized so that N satellites
are constructed in a period T. ,

no_. & -
-5 = 0.552 tanh .(T 0.5)
Is & version of the madel that is plotted in Figure |-1. It has the constants set so that one satellite would be built the
first year and one in the last year of the program. The construction rate is greatest half-way through the program The
integral of the right hand side over a period of YT fromd to 1 will gzve a value of one.

The modet in its general form is
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/
The slope is given by A (1-tanh® (%_ - B) and is used to determine the fleet size necessary at any time, &
1Lof ;
-~ FINAL RATE
, - n ZERO
5 £-0552 fanhi 0.5) N >

-
08f- _i
INITIAL.  RATE ]
ZERO i
08} ; {
i
FIGURE I~2 ORIGIN SHIFT n
04 : ‘
|
= 1
(o] \
E ;
5 o2 n f
i N |
o . .i
0. :
2 -‘
» 8-0satd +oostd |

(] ' ' , : fanh{z~ %}

0 2 - 04 os§ .08 | -
£ [/
# TIME 4

FIGURE I-3 UNSYMMETRICAL CASE

FIGURE I-| SPS POPULATION
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APPENDIX J — GRAVITY-GRADTENT TORQUES

The question of calculation of gravity-gradient effects, including torques due to gravity gradient, arises -

early in the consideration of attitude-control of an orbiting body which has a non-spherical mass moment of inertia.

The effect may be seen by considering the following diagrams where O s the center of attraction,
g isthe gravxtatlonal acceleration at the center of gravuty of an extensive body and 2Lis the Iength of the extensive

- ECEE L
© _. - .L%Ma

G ' -
g, + ]g;g:tt_cose

chose

The effect of the specific forces shown are a force 2g m {to first order) and a moment:
- M = mLsine { Idrchose - g - l ILcose}
or
. d '
M =-2mLzs1ne cose Eﬁ? (1)
Note that 2mL? represents the maximum moment of inertia of the extensive body about an axis in the plane of the

diagram, and note too that other moments of inertia were zero. Were we to consider a body with non-zero maximum
and minimum moments of inertia about axes in the orbit plane, as per the following diagram, (Fig. J-1).

4

~ o a A o

N\

' “FIGURE J-1 .AXES IN THE ORBIT.
PLANE
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equation 1 may be re-written as:

= - . d .
M= (I = I,) sine cose g2 . (2)
But g =ur ° so we may write:
dg . _ 2ufs

Noting that:
il
.2.1 = (u/‘ni)"i .
T
Where 7 is the period of a circular orbit, we may also write:
dg _ 2 %
ar - -2 (53 (4)

And in terms of pericd +, equation (2) may be re-written:

: - U _ . 2my 2
M 2(I,, Iyy) sing cose (<X). (5)

Naoting the dgldr is negative, and noting the signs of the functions sine and cos® and the sign convention for tor-
que, we may conclude that the stable and the unstable orientations for a baton in orbit are as shown in Figure J-2.

: UNSTABLE

STABLE AXIS ——- ——=STABLE
(O S . FOR BATON

UNSTABLE AXIS
~ FOR BATON

FIGURE J-2 ORIENTATION FOR BATON IN ORBIT

Note that if lyy >> 'IW, equatioﬁ (5) yields the approximations:
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24,2

6 [t —

max ‘T

29\ 2
Mmax ~ I-xx (T)

e 2

6720 (g%-) For e<<1
o~ 21y 2
NZIXXB(—;) For 8<<]

For a body such as the 60km® truss in orbit, we have:

T 1. 2
Iix = Lyy™ 2.7 % 10 (KGM~),

- and in low-earth orbit._

8 2 o2y
Miax ~ 4 X 10° (KaM7/SEC®)

Omax ~ 1.4 x 107° (sEc™?)

In geosynchronous orbit,

_ 6 pyon®rern?
Hrax ~ 16 x 10° (kaw’/sEC?)

" -9 -2
8 ~ 5.6 x 10 7 (SEC 7).
max _ v -
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APPENDIX K
ELECTRIC THRUSTER MASS AND

TRANSPORTATION ANALYSIS FPROGRAM
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Appendix K ELECTRIC THRUSTER MASS AND TRANSPORTATION ANALYSIS PROGRAM.

The digital computer program used for analysis and comparison of the electrical propulsion OTV candidates is

written in BASIC. A listing of the program calied COMBIN, appears as Figure K-1A-D. Definitions of the symbols
used are provided in Table K-2.

COMBIN is an interactive program which is designed fo accomplish the iasks listed below:

1. Evaluate SPS engine, propellant, tankage, and SECS growth requirements for various initial LEO thrust to
mass ratios and mission profiles,

2. Determine the time of transfer from LEO o GEQ equivalent altitude.
3. Provide a detailed breakdown of SPS transportation costs.

4, Permit an evaluation of the “elasticity” of transportation costs through a user called option which varies each
of 12 parameters by =1 %.

The operation of the program may be foliowed with the aid of a flow chart keyed to the program listing (Figure
K-1). Steps 10 through 340 permit the user to define key engine parameters and assign costs to the various system

components. Once this has been accomplished, the user is asked to select one of the three program options; he
may either:

1. Run the program for a single thrust to mass ratio of 10™ g for each of the four cases corresponding to the
combination of the two launch latitudes and two degradation rates.

2. Run the program for each of the four launch latitude/degradation rate cases stepping through a thrust to mass
range of 3.6 x 10~ got03x 107° 9o

3. Vary each of the 10 input parameters as well as the AV and time constant by =% for a nominal case.

Once the program parameters have been initialized, the computation begins at line 1600 with a calculation of
the total mass of the SPS and a computation of the number of engines required. The expression for the number of
engines is obtained by solving the following statement of Newton's third law:

Number of Engines x Thrust/Engine
= .[Satellite Mass + (Number of Engines) ¥ Mass/Engine + Mass of Propellant and

Tankage] x BAcceleration

= [satellite Mass + (Number of Engines) X% Mass/Engine]

GEQ Mass
Useable Propellant Mass ]
Total LEQ Tank + P_r_opellant Mass

X [GEO Mass + Propellant Mass Reguired _ ] .
4+ 1} x Acceleration

In terms of the program variables this becomes: .

N+T = (M + N«T1) { [exp (D/G#I) - 11 / M7 + 1 } #A
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where the usable propellant to total LEO tank and propeilant mass ratio has been approximated by the propellant
mass fraction. _ ,

Once the number of engines hias been determined, this number is tested for feasability. Should the result prove
satisfactory, the engine power requirements are computed. As the power requirement corresponds to exposure of a
certain amount of solar cell area for a specified length of time, SECS growth can be determined. A new total mass is
then calculated, repeating the process. This technique is employed until the change in the number of engines from
one iteration to the next is less than 1%.

Maving converged on a solution for the number of engines and corresponding LEO start mass, the trip time is cor-
rected to compensate for changes in the mass of the OTV enroute. The mass, which is recalculated once each orbit,
depends on the propellant mass flow rate and varies with the accumulated orbital transfer time. The orbital transfer
time Is the sum of the time for each orbit as detérmined using the constant thrust to mass, low thrust equations (Ap-
pendix G-4).

Once GEQ equivalent altitude has been attained, the accumulated time is increased by an additional 10% to ac-
count far oceultation effects. (No compensation was made for thrust vector losses). The system masses are then
recomputed using the updated trip time. This new result is then used to calculate the various transportation costs.

In closing, it should be noted that the technique employed in calculating the corrected trip time is unnecessarily
time consuming. Considerable savings in CPU time may be achieved by using a more efficient iteration scheme.

0C.

INITIALIZE 1o
PARAMETERS
120,

SELECT TRIP
TIME (T/W)
1560

f 1574
{ INITIALIZE ITERATID N

COUNTER, SECS MASS,
OLD ENGINE COUNT
1590

.-

I 00|
CALCULATE
TOTAL MaSS

130
IKPUE ENGINE
AND RROPELLANT
DATA

350
INPUT PROGRAN
CGFTION
360

. . 370
PRINT NOMIBAL 188

HASS-AREA
3E0

—

4l
SELECT av anp 00
TIME CONSTANT QR vARY
PARAMETERS 1%

COMPYTE

ENGINE COUNT

ENGIKE T/W
SUFFIGIENT ?

16
Y0 | pamT "sissIoh”
(MPOSSIELE™

1430

133 16
© CALCULATE POWER "

REQUIRED
1660

PRINT
HEADIHGS 1471

(4]

. . 15380
COMPUTE PROPELLANT
B TANK CONTRIBUTIGN

FIGURE K-1A
COMBIN FLOW CHART

670
SPS POWEAR
SUFFICIENT 7

]

PRINT "POWER 00
{ CAPACITY EXCEEDED" [

FIGURE K-IB FLOW CHART

L ,.\‘ ‘*“--‘IJ' X
ooy R4n
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! t
i .
INIFIALTZE 1o
PARAMETERS AND
COMPUTE  MASS
FLOW  RATE
‘ TN
2040 1980
COMPUTE MASSES, COMPUTE  TIME ,
SECS DEPLGYWENT ALTITURE  GAIN
$4SECS GROWTH PER  GREIT
panT 2100
RESULTS aug comsyrg 1920
HEW MASS .
CﬂLCULﬂmzmo i
740 =i =0 1
TERATION CALCULATE REwW @ — ves | pRINT grrg o ;
(reRn 3568 WSy ot s |
PRINT 1770 ‘a apuusT For %0 j
" ITERATION=I0" QceuiTaTEn :
COMPUTE &0 LAST CONDITiON? .
ENGRE, TOTAL
i MASS }
5
FIGURE K-IC FLOW CHART FIGURE K-ID FLOW CHART
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TABLE K-1
LISTING OF COMPUTER

PROGRAM COMBIN

COMEIN

10

20

30

40

50

&0

70

80

9G

100
11
120
130
140
130
16Q
170
180
120
200
216
220
230
240
230
260
270
280
290
300
310

20

- R3O0
- R40

350

H60

E70

380

320

400

oY THE300
Mi=204274+120+40
M2=albl a7 .

C=4  G36E~04

RO=3440

F4=12. 0664
HE=270
TO=, 08663
K=B4400.
G=32.2
Fl=L,&E+07
Cl=l.El04
FRINT "ENGINE TYFE"
INPUT TS
FRINT "ENGINE COST/UNIT®
INFUT -1
FRINT "FUEL COST/LERY
INPUT F2
PFRINT "SPECEIFIC TMPULSE"
INFUT I
PRINT "THRUST IN PFOUNIST
IMPUT T
FRINT "THRUST TO WEIGHT RATEQ"
TNFUT Ti
FRINT "RKW/LE THRUST"
INPUT P2
FRINT "CONVERSTON EFFICIENCY"
INPUT X1
FRINT "MASS FRACTION®
INFUT M7
FRINT "FROFELLANT GLOW FRACTION®
INFUT F3 |
FRENT "TaNR COST IN MILLTONS"
INFUT Fa
PRINT *"FULL SUAN=Ls VARY FARGMETERS=Z2y ELSE=Q"
INFUT X2

PRINT "NOMINAL MASS = 18PE+6 LEM —-- NOMINAL SECS AREA

= 144 B0 KM"

FRINT "NOMINAL BFES WEIGHT = 144E+é6 LRG"
FOR X3=L1 TO 3& o ' .
IF X242 THEN 13350
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410
A20
430
440
A5
4560
470
480
AQQ
500
510
G20
B30
HAQ
580
G960
B
a0
HeH
500
SH10
H20
H30
440
HE0
Hoo
&70
680
&R0
700
710
720
F30
A0
pgele
760
770
780
790
200
810
2820
/30
846G
850
840
8’70
880
8eo
@00

IF X3EL THEN 460
D=dR2405

T3=120

Z=1

Zle=

GOTO Z1 OF 470510550090y 6X0y 6705210750+ 790:830,8704910

Z2=F1,

FRINT USING 490

IMAGE fv "ENG'N COST

GOTO 940

Z2=F2

FRINT USING %30

IMAGE d» "FUEL COST *

BOTO 940

Z2=1

FRINT USING 570

IMABE 4y "SPECIFIL IMFULSE °
BOTO 940 | -
Z3=T

PRINT USING 610

IMOBE #» “THRUST °

GDTO 40

Z2=T1

FRINT USING 650

IMAGE s "T/W "

GOTO 940

220

FRINT USING 690

IMAGE y "KW/LE OF THRUST *
GOTO P40

72=X 1,

FRINT  USING 730

IMAGE 4 "CONVERSION EFFICTIENCY °
GOTO 940 |
Za=M7

FRINT USING 770

IMAGE s "MASS FRACTION
BOTO 940 |
Z2=F3

PRINT USING 810

IMAGE dFe "PROPELLANT GLOW FRAOCTIGN

GOTO 240

ZA=F4

FRENT USING 830
IMAGE ke "TANK COST
GOTO 240

Z2=1

FRINT  USING 890
IMAGE £ "NELTA U ©
GOTO 240
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P10 Z@=T3

920  FRINT USING 930 |

930 IMAGE %y "IEGRATATION TIME CONSTANT ¢

940 GOTO Z DF 950r990:1030

PHO  ZR=ZIK. PP

960 FRINT USING 970

970 IMAGE "VARIEL RY -1%*

$80 BOTO 1040

990 Z2=ZIAKL.0L/499

1000  FRINT USING 1010

1010  IMAGE "VARIED BY +1%"

1020 BOT 1060

1030 ZR=Z2/1 .0

1040 FRINT USING 1090

1050  IMAGE "EGUAL TO NOMINAL VALUE"

1060  BOTO Z4 OF 1070s5090s114051130- 1150117051150 12109 123001250
1270 1290

1070 Fi=z2

1080 GOTO L300

1090 FR=z2

1100  GOTO 1300

1110 J=Z2

1120  GOTO 1300

1130 T=z2

1140  6OTO 1300

1150  Ti=Z2

1160 GOTO 1300

1170 PR=Z2

1180 GOTO 1300

1190 Xi=ZR

1200 6OTO 1300

1210 M7=Z2

1220 GOTO 1300

1230  F3=z2

1240 GOTH 1300

1250  F4=22

1260 GOTO 1300

1270 [=Z2

1280 GOTO 1300

1290 TI=Z2

1300  Z=z+1 |

1310 IF Zd#4 THEN 1440

1320 Z=1

1330 Zi=Zi+l

1340 GOTO 1440 g

L350  IF X34 THEN 2220

1360  BOTO X3 OF 1370+ 13705 1390,1390

1370 D=22405

1380 GOTO 1400

1390 D=164691
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1400
1410
1420
1430
1440
1450
1440

1470

1480
1490
1500
LELO
1520
1530
1540
1554
15480
1a70
1580
1590
14600
14610
1620
1630
1 &40
LEH0
1440
1L&70
1680
1690
1700
1710
1720
L730
1740
1750
1760
1770
1780
1790
13800
1810
1820
1830
1840
L850
1840

BOTD X3 OF 1410+1430» 141051430

T3=300

GOTO 1440

TE=120

FRINT USING 145087y T3

IMAGE "DELTA V = o801y "FFE ==  TIME CONSTANT = s3Jis "DaYSE"
FRINT "DAYS — T/U NUMBER ENGN  FROF  TANKS  $808
TOVAL  DEPL=SE KM

FRINT * LES/LEM  ENG/ZRY MLES/ MLEG/S MLKS/6 %06
MLBS/$  TRANS-HS " -
MFm CEXF I/ CERED ) /M7

FOR Jl=15 TO 19% STEF 15

IF JI=195 THEN 1540

IF X201 THEN 2200

NENL]

GOTO 1550

J=5i4

T2=0 |

A=, 0054/ ]

Th=0

MM

N1=0

M (MLHM4) /0

N CAKMRMB) /¢ (L~ CARME 3/ TLIRT)

IF NxO THEN 1650

FRINT "MISSION IMPOSSIHLE"

6OTH 2200

N=ENT CND

FNKTHIR 2 X

IF B <= PL THEN 1700

FRINT "FOWER CAFACITY EXCERDET

BOTO 2200

IF Ni=0 THEN 1740

IF (N-NL)/NLZ. QL THEN 1780

TleT 4] |

IF [i=10 THEN 1770

N1=N

MA=MK CLECF/P LR CEXF CI/TEI 1))

BOTO 1600 ;

FRINT *ITERATION=10" ORI A
MB=NKT/ (TLXCL) QFRIE“WAL PAGE Ig
ME=(M/CLAMB ) KME O0R Quap iy
IF I240 THEN 2040 ooy
J=0

T2=)

N9=0

ME=HEKE1

ME=NKT /T

T2=h
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1870
1880
1890

1900

1910
1920
1930
1.940
1.950
1940
1970
1980
1990

2000

2010
Q2020
=030
2040
2050
2060
2070
2080
2090
2100

2110

2120
21350

12140

215
2140

H=HE

Fe=d +H/RO

NP=NF+1 _

Ju= HTOX{E %k 1.5
H=H+ROXTZRF4K(F KR 32

T7 = btk JER

IF T7<0 THEN 2000

TE=NRT /T

IF J=180 THEN 2020

IF H = 19358 THEN 1980
GOTO 1880

J=J%L .1

GOTO 18570

PRINT "ERROR - WEIGHT®
GOTO 2200
FREINT "ERROR
GOTO 22060
MP=Mo&~-M/TL~ME
TA4=MPKF I
TH=M®-T4
§R=(MA/M2~13%100

M4=M4/(0QxECL)

Sl=PREXP I/ TIIRLA4TL

FRINT LSING 21108 J+AsNsMB: T4 TE+822Mb81 B
IMAGE 402X oD NIE s IXe 7Ne2X e BN Lr BNy B Wp X s N Ly FXp 3N 11»

Ao ANz AXo 3T 1

C3=NXFL/CL

CH=T4XF2

C4=MP%F4 :

CoH=82%M2%2: 12045503

LB=MEKCKXIR000 _
CO=CI+CA4+CEHITHH0BHA4004+1L40+210+L0

PRINT UBING 21905T2yNP+CRe0HeCAr 04GR TY : .
IMAGE "MESA%S "sUONEvAX e Alo IX e AN Ned X 40 e Do LX o SN e L X e ST Ty
IXr Al Ty 2R s 7T0, 11

NEXT 1l

i

-~  TIME"

CFRINT * %

MEXT X3
ENI
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TABLE K-2
ELECTRIC THRUSTER MASS AND
TRANSPORTATION COST ANALYSIS PROGRAM

SYMBOL TABLE
A Initial Acceleration - g's (T/W)
C Conversion Factar - tonnes fo 10°bm
C1 Conversion Factor - 10°
C3 Total Engine Cost - 10°
c4 Total Tank Cost - 10°
C5 Total Propellant Cost - 10%
cé ' Cost of SECS Increase - 10°s
C8 HLLV Cost - 10°s
C9 Overall Transportation Cost - 10°8
D Delta V - fifsec
F Normalized Radius of Orbit
F1 _ Engine Cost -S/unit
F2 Propellant Cost - s/lb .
F3 Propellant Glow Fraction - fraction of propellant/total tank weight at lift-off
F4 Tank Cost -10°$/unit
G Acceleration of Gravity - ft/sec’
H Altitude - nautical miles
H8 LEQ Altitude - nautical miles
I Specific Impulse - seconds
H lteration Counter - mass determination, max. =10
12 Pass Counter - Trip time calculated when 12 =0 ppgreg i !
J Days PEAEDT o
J1 Day Counter
M Satellite and Cargo Mass - Ibm
M1 MPTS and Cargo Mass - tonnes
M2 Initial SECS Mass - tonnes _
M3 : 1 +[(Propeliant + Tanks) Fraction]
M4 . Variable SECS Mass - tonnes
M5 Mass Flow Rate - Ibm/sec
M6 Total LEO start Mass - 10°lbm
M7 " Propellant Mass Fraction - usable propellant/total tank weight at lift-off
M8 Engine Mass - 10°lbm
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M9

N1
N9

P1
P2
P4
RO
St
s2

TO
T
T2
T3
T4
5
T7
TS

X1
X2
A3

Z1

z2

Mass of Propellant and Tanks - 10%bm
Number of Engines

Engines from Previous lieration
Number of Orbits

Power Required - Kw

Nominal Power in GEO - 16 x 10%kw
Power/Thrust - kw/ib

Constant ~ 47

Radius of Earth - nautical miles

SECS area Deployed - Sg. km

% SECS Growth

Thrust - [bs

Orbit Reference Time - Days
Thrust/Mass Ratio - g's (T/W)

Variable Thrust/Mass Ratio - g's (T/W)
Degradation Time Constant - Days
Mass of Propellant at Lift-off - 10°Ibm
Mass of Tarks - 10%bm

Total Mass Variable - 10°%bm

Engine Name

Conversion Factor - days to seconds
Power Conditioning Equipment Cenversion Efficiency

. Decisior; Variable

lteration Caunter - sets conditions
Conditicn Counter - &=1% or 0%
Parameter Counter
Temporary Storage
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APPENDIX L - EFFECT OF ATTITUDINAL VARIATIONS RELATIVE TO THE SUN

The output power available from the Solar Energy Collection System is highly dependent on the amount of solar
power incident upon it. As the SPS varies from perfect alignment with respect to the solar line of sight, the incident
power and hence the output power of the satellite also vary. The effect of the solar concentratars on this variation is
considered In detail in this appendix.

The configuration of the Solar Energy Collection System is trough-like with a cross-section as shown in Figure
L-1. The slanted walls are reflectors, while the solar cells are deployed along the bottom of the trough. It is designed
to have a concentration of two, i.e.,

Concentration Ratio = %1— =
2

Note that this geometry implies that ¢must equal 60° and that the area of each concentrator must equal that of the
solar cell blanket, Figure L.-2. If perfectly reflecting concentrators and precise alignment with respect to the sun is
assuried, the effective cross-sectional area of the solar cells is doubled. The ratio of the effective cross-sectional
area to the actual area of the solar cell blanket is referred to herein as the effective concentration ratio, K.

If the SPS is oriented such that the solar line of sight is n. longer normal to the plane of the solar bianket, the
effective concentration ratio is reduced. For simplicity, the problem is separated into two cases;

1. Angular variation in a plane perpendicular to the floor of the trough and parallel to the intersections of the
trough walls and floor; a departure from perfect alignment of the solar line of sight with the solar cell
blanket's normal iri this plane is labeled « .

2. Angular variation in a plane perpendicular to the walls and fioor of the trough; a departure from perfect

- alignment of the solar line of sight with the solar blanket's normal in this plane is labeled 8 .

| !

INCIDENT  SUNLIGHT

— W, - |
’ i
|
SOLAR : ' B |
CONCENTRATORS i
; $ o
SOLLAR CELL —~—| — | | —
# BLANKET $ _ _ 3 5

L
W, 27
FIGURE L=1 SECS CONFIGURATION $=60
REF. 5-50 A=B=3 +cos =l

_ FIGURE L-2 GFOMETRY OF SOLAR CONCENTRATOR
1 Variations in « .
The case where 8 = 0 and a is permitted to vary is quite straight forward. Ratation in this direction merely causes

a decrease in the projection of the array onto a plane perpendicular to the solar line of sight. The area of this projec-
tion, referred to as the perpendicular area, varies as cose: . )

2 Variations in B .

-

The case where « = O and 8 varies is considerably more complex. In order to tackle the problem, it must be
divided into three major angular ranges.

1. 0 =8 =30 - Pre-occultation
2. 30 =B =60 - Partial cccultation




- and 3, 60=<B =90 -Total occultation
The third range, of course, is trivial and does not require further discussicn,

2.1 Pre-occultation.
With this range, there are three contributions to the solar power incident on the blanket; referring to Figure L-3
“these are direct light, light reflected from panel A and light reflected from panel B. Of these, the contribution of
direct light is most easily determined being propertional only to the blanket's perpendicuiar area. Its contribution to
the effective concentration ratio is therefore:

Direct =1 cosg .

Considering panel A, itis observed thaias 8 increases, the panel's perpendtcular area also increases, thus in-
creasing the amount of power reflected by the panel. However, as 8 increases, the angle of incidence, 8; =, =
60° -B , decreases. As a resuli, not all of the reflected light reaches the solar panel. Only a fraction X, where
sin {30° = B) '
sin (30° + B) '

actually impinges on the solar ceils, the remaining light being reflected away by panel B. Thus, the coniribution of
pane! A to the effective concentration ratio is,

X=

Panel A = sin (30° + B) [:ﬁ 88: - g;~:| = sin (30° — )

Turning to panel B, it is found that all of the light reflected by this panel impinges on a fraction Y of the solar cell
blanket, Using the law of sines, Y is determined to be ,

v = sin (30° — B)
~ sin (30° + B)
Since the perpendlcular area of pane! B decreases with 8 as sin (30° -8 ), the coniribution of panel B to the
overall effective concentration ratio is

Panel B = 0 >Oiy_<_l—Y

Panel B = sin (30° - B) 1-Y <y< 1
where v is the fractional distance across the bottom of the trough.

2.2 Partial Occuitation,

When 8 is greater than 30°, panel B no longer makes a contribution to the effective solar concentration ratio.
Rather, it reduces the effective concentration by blocking part of the incident light from reaching a fraction

y = sin (8 = 30°)
sin (90° — B) _
of the solar blanket, Figure L-4. Thus, the contribution of direct light fo the overall effective concentration ratio is
Direct = cos 0 <<y<l-z
Direct = 0 1-2z <y <1

Note that the solar cell blanket i is shielded from direct sunhght Z —-n) when 8 reaches 60°.
Turning now to panel B, it is found that it no longer contributes to the overall effective concentration ratio as its
. light is reflected away from the solar cells.
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FIGURE |~4 GEOMETRY FOR REFLECTOR

FIGURE L-3 GEOMETRY FOR REFILECTOR NOTE. WALLS OF TROUGH AND
FLOOR =1 UNIT

2.3 Summary of Variations of K with 8 .

The results for angular variations in B with &« = 0 have been combines and are summarized below:

If 0< B< 30° then
K=cos B + sin (30° -~ B) for 0< y< 1 -Y

K

i

cos B + 2sin (30° ~ B) for 1 -~ ¥< y<1

sin (30° - B)

where ¥ = sin (30° 7 B)

If 30< B< 60 then
K=cos B for 0< y < 1~z

K=0 for 1 - =

| A

y £ 1

sin (B - 309)

whers z = =in (909 = B)

If 60° < B < 90° then

K=20
A plot of the resultant function is shown in Figure L-5.

3 Comparison of Results.

Figure 5 points out the need for percies etitude control of the SPS. While an angular varlation of 30° in e results
in a 13.4% reduction of power incident an the solar cell blanket, a similar variation in 8 will result in a 56.7% reduc-
tion. While large angles of @ and 8 might be of interest whan the SPS s first oriented towards the sun during the
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initial phases of the flight, smail variations in alignment and the resultant power dips they cause are of importance
during orbital transfer and nn station operations. Taking the derivative of K first with respect to @ and then with
respect to 8 , it is easy to demonstrate that for small angles (@ and B both appreximately zero) the rate of change
in K with « is approximately zero, while the rate of change of the effective solar cell concentration ratio with 8 is
approximately 1.5%/degrea. This result indicates that a high degree of pointing accuracy is required for the SPS

A
K !
20 =
o
1.ef
20°
1.2}
-]
30
8
4 40
o
50
60"
%5 2 4 G B 6

FRACTIONAL DISTANCE ACROSS THE SOLAR CELL
BLANKET (y)

FIGURE L--5 EFFECTIVE SOLAR CONCENTRATION
RATIO
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