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PREFACE

The rapers in tha compilatise were preseried of the NASA Sympotiurn om “Supercritice] Wing Teckrology:
A Froess Jepart on Flizht Evolisations,” vek! at the NASA FESht Reseerch Conter, Ewerts, Cif., on

Fedouiz 29,1972,

The rurnose of the symposiumnt wet 10 preseat timely informetiorr om fHohe resudes odtained with the F-3
wed T-2C supercritical wing configuratioss, disctst comperisons with wind-runme! prodicrions, esd pecyect
folirmen flishe progrems planned for the F-8 arsd F-111 (TACT) airplames.

Papers wore presented by representatives of 1he NASA Flight Research Cenesr, the NASA Largiey Resceroh
Comtor, und North American Rockwelt-Colembus Division,
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1. THE NASA SUPERCRITICAL AIRFOIL AND
ITS APPLICATION TO SWEPT WINGS*

By Richard T, Whitcomb
Langley Research Center

INTRODUCTION

The principal feature cf each of the configurations to be discussed in this conference
is the gupercriticai airfoll shape, However, in the development of these configurations,
substantial attention was given to sclving high-speed three-dimensicnal problems,
particularly near the wing-fuselige junction, In this papar the mode of operaticn and
characteristics of the NASA two-dimensior.al supercritical airfotls and methods for
applying them to three-dimensional swept wings are dlscussed briefly,

DESCRIPTION OF TWO-DIMENSIONAL NASA AIRFOIL

The well-known ticw nrehiem for conventional sirfoils at high subsonic epeeds is
illustrated at the top of gura 1, A ioca! region of supersonic or supercritical flow
develons above tha upper surface of a lifting airfoil which terminates in 8 strong shock
wave, The wave itself carses some increace in drag, but usually the principal effect
ig semarction of the boundary layer with a significant incresse !n dra2g, stability prob-
lems, and buifet. Feor the NASA supercritical airfoil skown at the boitom of figure 1,
the curvature of the middls reglou of the upper surface s substantially reduced with a
resuiting decrease in tke strength and extent of the shock wave, The drag associsted
with tive wave 15 reduced end, more imporiantly, tha onset of separation is sudstantially
declayed, The iift lost by reducing the curvature of the upper surface {s regained by
subataatial camber of the rear porticn of tha airfoil,

Taz airfol! alyo tnsorporstes other features which are important to the total effec-
tiveness of tke new shape, The middle region of the lower surface i3 designed to
maintain subcritical ilow for all epuruiirg couditicna of the airfoil, becauze the pres-
sure rics associcted wiih & sheck wave superimpesed on the pressure rise caused by
the cusp weuld cause neparation of the lowar-asurface beundary layer, To minimize
. the gnrface curveturcs zad thas the indeced velocities on the middle regions of both the
upper 2nd lower surfsces, the laxdinry ady? I3 made cubstartially larger taan {or previ-
ous atsfotln, It iy apprexdmately 2,5 dmwes hat for @ 6-geries ulrfoil of the same
thickn=azg ratlo,

The rear porticn of the upper surfnce {8 designed to produce a constant or
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decreasing pressure behird the shock wave for the design condition, This feature
stab{lizes the boundary layer behind the shock before it enters the subsoaic pressure
recove~y. In particular, it substantially delays the fina! detachment of the boundary-
layer bubble present under the strong shock for high~lift conditions, Results to be
presented in paper 2 will define this effect more explicitly, The pressure distribution
on tke aft portica of the lower surface is designed by the Stratford criteria to obtain
the largest increase in lift by the cusp without incurring boundary~layer separation in
the cusp, This involves a rapid initial increese in pressure followed by a more grad-
ual increase, Finally, at the trailing edge the slope of the lower surface is made equal
to that of the upper surface to reduce to 2 minimum the required pressure recovery at
the upper-surface trailing edge. For most NASA supercritical airfoils tested, the
trailing-edge presscre is n2ar ambient,

At Mach numbers or lift coefficients less than the design conditions, the shock
wave {8 farther forward with a substantial increase in velocity aft of the shock to a
second velocity peuk in the vicinity of the three-quarter chord, This peak must be
carefully controlled to prevent the development of a second shock with associated
separation on the extreme rearward portion of the airfoil, At Mach numbers highar
than the dasign value, the shock wave moves rearward and becomes stronger, Also,
ti.e pressure plateau disappears, As 2 result, the Soundary layer usually separates
aft of the shock,

The 2ft loading (fig. 1) associated with the new shape resuits, of course, in more
negative pitciiing moments,

The chronological development of the supercritical airfoil ig shown in figure 2,
Originally it wzs assumed that 2 means for stabilizing the houn Jary layer batween the
shcek wave and the 3ubsonic pressure recovery was reguired, A slot was placed
between the lower and upper surfaces to accomplish this; however, it was found that
the required geometric tolerances of the slot would be difficult to produce and maintain
in use, Therefora, an integ=al or unslotted airfoil was developed using the techniques
just described, Later, in recognition of the structural problem of the extremely thin
trailing edge of the initial integral airfoil, a thickenad trailing edge was added. This
thickened trailing edge also slightly improved the aerodynamic characteristics of the
airfoil by increasing the lift with a reiatively amall base drug penalty, All the applica-
tions to be discussed in this zonference incorporate a thickened trailing edge,

TWO-DIMENEIONAL RESULTS

A compariscn of the drag variation with Mach number at a normal-force coefficient
of 0.7 is ghown in figure 3 for a NACA 64A-410 airfuil and a supercritical airfoil, it
should be noted that the supercritical airfoils intended for vae on sweptback wings have
been dsveloped for relatively high-lift coeflicients beczuse the effective 1ift decreases
by the cosin2 of the aweep eqvared, Results chtained for the 10-percent-thick unslotted
atrfoil are shouwn by the solid line (ref. 1), Data for the NACA G4A-410 airfcil are
shewn by the doghed line (refl 2), A 6-series airfoil with a relatively high camber
wa3 used because it providec the fairest comparison with the highly cambered super-
critical airfoil, The finsl drug rise for the supercritical airfoil occura more then
0.1 Mach rumber later than that for the 6-scries airfoil, The supercritical atrfoil
experiences a drag creep of approximately 12 counts at Mach numbers hetween the
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suberitical value of 0, 60 to the final drag-rige condition. This drag is associated with
the relatively weak shock above the upper surface at these speeds, It {8 important to
note, however, that earlier airfoils produced drag creeps for the same reason, At

the firal drag rise, the drag-creep increment for the NACA 64A-410 airfoil is the same
as that for the comparable supercritical ashape, Similar agreement is noted in paper 2,

In the early work with the slotted supercritical airfoil, a dip in the drag creep was
achleved at a Mach number just below the final drag rise (ref. 3), Pressure distribu-
tions, schlieren phote.graphs, and wake surveys indicated that at this condition the
deceleration from supersonic to subsonic flow above the upper surface was essentially
shockless, However, because of the very limited speed extent of this shockless condi~
tion, it was considered to be of little practical significance, In the later development
of the unslottad airfoil, no attempt was made to attain such a condition; rather, the
effort was to reduce the level of drag creep between the critical speed and final drag
rise,

In figure 4 the Mach number for the onset of severe separation, that is, for buffet
or abrupi drag rise, is plotted against normal-force coefficient for the same airfoils
as in the previous figure., The results indicate that not only does the superecritical
airfoil delay drag rise at near crulse lift coefficients but it also substantially increases
both ta2 Mach number and lift coefficient at the characteristic high-lift corner of the

-eurve, This effect, which results primarily from the stabilization of the bubble under

the siock wave as discussed earlier, is particularly important for improving maneu-
verability,

Rezent cirplane designs incorporate airfoils with somewhat higher drag rise than
the NACA G-series ehown her.:. However, {t has been difficult to acquire two-dimen-
stenal data for such alrioils, Results obtained with a C-5A airplane model in the
Linglcy Rescarch Center 8~font tunuel hidicate that vue uf these new shajes, the
Pearcey peaky atrfoil, delays the drag-risc Mach numter 0. 02 or 0, 03 compared with
the NACA G-geries atrfoll but at a loss {n the maximun lift.

As demonstrated in paper 2, supercritical technology can also be used to substan-
tially increase the thickness ratios of an airfoil without an assoclated reduction in the
Mach number ior separation onset. Obviously, the increased thickness allows a weight

-reduction or an increase in aspect ratio and provides added volume for fuel or other

required couipment in the wing, The three flight demonstration programs to be de-
scribed in this conference are intended to demonstrate the three principal advantages
of the supercrit.cal airfoil: increased thickness ratio using the T-2C airplane; in-
creased cruise speed using the F-8 airplane; and improved maneuverability using the
F=111 afrnlane,

THEORETICAL AND EXPERIMENTAL TECHNIQUES

Before these supercritical airfoils can be most effectively utilized in actual air-
plane design, theoretical methods for describing the shapes and characteristics of such
airioils 2nd a body of systematic experimentzl data shouid be provided. At present a
method for geometrically detining the shape is available. This method, which allows
for variations of thickness ratios and cambers, was used to define the airfoiis for the
F-8 and F-111 demonstration vehicles to be described, A number of outstanding
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thsoretiral investizators in this country and Europe have been working on aerodynamic
analysis of two-dimensional supercritical flow (references 4 to 7, for example), In
this country the work is boing done in industry, the universities, and the NASA Langley
and Ames Ressarch Canters. At least for the two-dimensional use, the appiications of
the theory to practical designs is close at hand, However, the complementary system-
atic sxperimental data are not yet available,

. — ¢ —— - ———— S—————

It should be strongly emphasized that any meaningful theoretical analysis of NASA
supercritical airfoils must include the effect of the boundary layer, The importance of
this effect is illustrated in figure 5. The varying boundary-layer displacement substan-
tially changes the effective shape of the airfoil, In particular, it greatly reduces the
aft camber vith reductions of the trziling-edga slopes for both the upper and lower sur-
faces. Also, the new shape produces steep increasing pressure gradients near the
trailing edge of the upper surface and ahead of the cuap on the lower surface (fig. 1).
Obviously, separation will occur if these gradients are made too severe, Further, it
is now well estabiished that the position and strength of a shock wave above the upper
surface of any airfoil at supercritical speeds is strongly influenced by the presence of

the boundary layer,

Because of che strong effect of the boundary layer on the operation of the super-
critical airfoils, it is also important that such airfoils be developed at relatively high
Reynolda mambers or that full-scals boundary-layar conditiors be eimulated in the wind
tunnel, Such a method of simulstion has been used in tie wind-tunncl tests of each of

the configurations to be described, :

The technique is {llustrated in figure 8 for a conventionz! airfoil. As shown by the
top sketch, boundary-layer-transition strips in wind-tunnel tests are normally near
the airfoil leading edge, At the relatively low wind-tunnel Reynolds numbers, a fairly
thick turbulent boundary layer develops which results in a forward shock location. In
flight, ns indicated in the middle sketch, although boundary-layer transition naturally
occurs well forward on the airfoil, the higher flight Reynolds numbers result in a
thinner boundary layer and the shock wave is farther rearward, The bottom sketch
{llustrates the technique used to simulate fuli-scale conditions for wind-tuznel tests
where supercritical flows are expected, In this cpproach, the transition i8 somewhat
rearward and the wing ahead of the trip was kept very amooth ir order to maintain
laminar flow chead of the trip. The actual trip location is based on a criterion designed
to provide, in the vind tunnel, the same relative boundary-isyer-displacement thickness
at the trailing edge as would exist in full-scale flight, Earlier investigations with a
6-series airfoil (ref, 8) showed :hat, tased upon this approach, similar shock-wave
locations and associated separaticn can be achieved,

For ccnditions whers laminar flow cannct be maintained ahend of this trip lesation,
such 23 when a shock or steep adverse pressurs is present in this forward reglon, this
technique {8 nct effective, In fact, it may be datrimental, The laminar flow may
geparate at condition: for which th2 fully turbulent tlow et full-gozle Reynolds rumbers
would not, Consequently, the boundary-larer trip i3 moved forward to the normal
forward location for such concitions.

APPLICATION TO THREE-DIMENSIONAL WINGS

Explicit methods for designing threa-dimens{onal swept-wing configurations,
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particularly for the near-sonic flight speeds allowed by the supercritical airfoils, are
not as fully developed as those for two-dimensional configurations, However, some
rational qualitative approaches Lave been developed which will be discussed briefly,

For wings of reasonably high aspect ratio such as those of the configurations to be
described in this conference, the sections of the midsemispan and outboard regions
can be the same as those of the two-dimensional airfoils, On the wing developed for
the F-3 flight demonstration and shown in figure 7 (ref. 9), such an agreement holds
even for sections on the outboard part of the nontrapezoidal region of the wing, The
section near the wing-fuselage juncture is substantially different in detail from the two-
dimensional section, However, even here some aft camber provided the most satisfac-
tory results, A similar situation was found for the F-111 supercritical wing panels,
The optimum shape of the inboard region must be arrived at experimentally for each
configuration, However, it should be recognized that this has also been true for con-
figurations with more conventiona! airfoils at Mach numbers near the drag rise,

Substantial wing twist is usually required for the best overall performance of super-
critical swept wings, as for previous swept wings intended for high-speed flight, Ex-
periments at the Langlcy Research Center and in industry have indicated that for both
previous and supercritical swept wings a twist significantly greater than that which
theoretically provides an elliptical load distribution provides the best overall design,
Further, theory and experiment indicate that with an increase in the design Mach num-
ber toward 1, 0 the magnitude of tke optimum twist increases. Thus the optimum twist
for supercritical wings designed for higher speeds is greater than for lower-speed
designs. This large amount of twist substantially reduces or eliminates the trim pen-

alty associated with the greater negative pitching moment for the supercritical airfoil
for a sweptback wing

As for many previous swept wings, the most effective operation of swept super-

critical wings i3 achieved with a progressive increase in camber from inboard to
outboard scctions,

The planform as shown in figure: 7 is an important part of obtaining a high drag-
rise Mach number as well ag a practical structure for a swept wing, The rearward
extexsion of the root section allows for the attachment of landing gear in a transport
application of such a wing, The glove extending forward is an attempt to provide the
same drag-rise Mach number for the root sections as for the outboard regions of the
wing. Experiments and theory have indicated that at supercritical speeds the isobars
‘n any 3weptback wing move rearward near the root sconer and more rapidly than out-
board, with a resulting premature drag rise for this region, The forward root exten-
sion turas the {schars forward for suberitical conditions, so that at supereritical design

corditions the sweeps of the isobars of the inboard region mere nearly match those of
the outboard region,

Also, as with conventional airfoils, the high~speed characteristics of a swept suner-~
critical wing are improved by designing it so that the primary forward shock wave has
more sweep than the wing elements.

Considerable interest has been shown in applying the supercritical airfoils to thin,

lower aspect ratio wings intended for supersonic {light, No method for designing such
a configuration has yet been developed,
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The problem of incorporating a supercritical wing into a total airplane desi gn for

near-sonic f{light is extremely complex, TL.s area is being explored. One of the
approaches {3 discussed in paper 9, :
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t/c

drag-rise Mach nun:per

Reynoclds number

airfoil thickness-to-chord ratio
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2. SUMMARY OF T-2C SUPERCRITICAL WING PROGRAM®*
By William E, Palmer and Donald W, Elliott

North American Rockwell i@é
' ' a

INTRODUCTION

If the supercritical airfoil concept i3 applied to subsonic transports and other long-
erdurance airplanes, wing thickness can be increased without causing a reduction in
drag-divergence Mach number that normally results when the thickness ratio of conven-
tional airioils is incressed. The benefits to be realized from an incresass in wirg thick-
ness are: (1) improved structural efficiency (and attendant reduced weight), and (2)
ircreaced interral wing volume, If 2 wing of 17-percent thiciuess can be dzeigned to
have the cruise efficiency of a 12-percent-thick wing with a conventional air{oil, the
internal wing volume {s increansed approximately 40 percent and the amcunt of the wing
volums that can be devoted to fuel may be increased on the ordar cf 50 percent cr more.
For V/STOL aircraf, the added volume may also be useful for ducting.

Several supercritical airfoils were desigrod anslyticaily and tested in the wind
tunnel e daterming the increage in thickness that might be achicved ralative to NACA
6~gerie3 alrfoils witkout degrading periormance ot Ligh subsonic speeds, Wings with
thicinaas ratios of 12 percent to 1S percent wers desizned to oporate under supercrit-
ical flow conditions and tested in the North American Rockwell 7-foot Trisonic Wind
Tunnel on a semizpan model with a high-sspect-ratio, low-swesp planform. A con-
venticuel NACA 64A-412 airfoil was tested with the same planform for purposes cf
comparison, The camber of all the wings was approximately the same, Based upoa the
results of thase tests, a similar wing incorporating a supercritical airfoil of 17 -percent
thickness was desigred and tested on the same semispan model. The test results
showed that the drag-divergence Mach number of the thicker wing was at least as great
at moderate and high lift coefficients as that cf the conventional wing and that the lift
coeffictent at tae cnget of buffet was significuntly higher thrcugh a wide range of Mach
rumbers. At low spesd, the stall angle of attack was {ccreased considerably, with an
attendant increase in the maximum lift coelficient,

The development of the airfoil was zidad by consultation with Richard T. Whiteomb
of tho Langley Research Cunter and study of his test results oa thinner airfoils with
regard to the tolersble bluntness of the leading edg9 and the Umits cf nressure gradient
and pressurs rige imposed by {low separation,

Fizure 1 shows the dreg-lverzence Mach numtar obtainad ia the tesis of *ha
17-poreent-thick airfol and the NACA 64A—412 airfoil 21 a given L ccefScient. Also
shown ara data for a nnnber of other tirfolls t-gicvi hy NASA, NACA, and Nerinrep,
The lines drawn through the voints ars belleved in indicate approstinaialy the amount of
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increzse in either drag-divergence Mach number or thickness ratio that can be obtained
relative to conventional airfoils with airfoils designed to operate under supercritical
conditions,

To determine whether gains obtained in the wind tunnel could also be achieved in
flight, a T-2C Navy/North American Rockwell jet trainer aircraft was modified to have
the 17-percent-thick-airfoil shape, The charactaristics of the modified airplane were
compared with those of a standard T-2C, which has a NACA 64A-212 airfoil, This air-
plane was considered well suited to the study because (1) the wing, having low sweep,
would have negligible spanwise flow and hence approximate the two-dimensional con-
ditions for which the analytical derivation was made and (2) the wing 2lone could be
changed with no other aircraft modification whicn might affect the results,

An 0, 09-scale mode! of the T-2C was also built with the 17-percent-thick airfoil and
tested in the Langley 8-foot transoric pressure tunnel for comparison with the flight
data, Grit was placed near the 35-percent chord of the model wing to simulate the flight
boundary-layer thickness at the trailing edge,

This paper briefly presents the resulta of this investigation, which was sponsored
jointly by NASA and the Naval Air Systems Command, The study is discussed in more
detail in reference 1,

TEST CONFIGURATION

The T-2C airplane is a twin~jet configuration with a midwing of aspect ratio 5 and
zero sweep of the 40-percent-chord line, Figure 2 is a photograph of the standard
T-2C and the modified airplare, The tip tanks were retajned in the test version, The
landing gear retract into the wing, which necesgitzted moving the gear-docr hinges
out to the new mold line,

For the modification, the basic T-2 wing was replaced by another T-2 wing that -
was covered from the fuselage junciura to the tip tanks with balsa wood coated with a
thin layer of fiber glasa, No other changes were mede to the airplane; even the engines
wera unchanged to preclude any differences in thrust, The shapes of the NACA 64A-212
alrfoil of the basic T-2C airplans and the thicker aupareritical airfotl sre shown in
figure 3. As shown, the NACA 64A-212 airfoil extends outside the contour of the
thicker section in the lower aft region, By drooping the flaps and allerons approximately
§° and decreesing the relative angla of incidence of the basic airfoll, the desirad air-
foil shepe was achieved without altering the basic wing structure, Flgure 4 shown that
the wing incidence was appraximately J, 75° greater at the meaa aorodynamic chord for
the supercritical wing than fer the basic T-2C wirg. Scme reduction in twist was also
desired in order to achicve mora nozrly two-cimensionnl results at the design conditicn,

The flaps were ertirely encapsulated and were inoperstive, It wag necessary that
the ailerors be operable to provide laterai control for ths aircraft, Afleron hinge
momernt baiznce was maintained by an internal! egeal and paddle, and the difference in
mass balancing was compensated for by changing the counterbalancing welghts,

Figure 5 ahows a representative cross gection of tho buildup, Thin layers of foam
rubber weres bonded to the wlig surface and were used as expansion joints at 0, 6-incter

14 R

P e wthas L

O S

A T S

Y BT JXIN

P oppueab b T s s s ables 2o e 0

-



. e ammmamecwt ey NIV "

(2-foot) intervals, This permitied the wing to {lex and reduced the effects of the added
material on the structural load distributions, Complete reanalysis of the airframe .
astructure wag therefore unnecessacy,

To control the new contour to ciose tolerances, the wings were removed from the
airplane and placed in & simple jig, The jigis {llustrated in figure 6, It consisted of
a reference plane, a mounting bracket which held the wings in a known position relative
to the plare, and a series of femals templates of the desired shape which could be
positioned precisely relative to the reference plane, After positioning the templates
about the wing In the dcsired positions, male templates, bonded to the wing surface at
0, 6-meter (2-foot) intervals, were cut 0,038 centimeter (0. 015 inch) smaller than the
female tamplates (the thickness of the fiber glass coating)., The female templates were
then removed, and the balsa filler ‘was added to build up the contour on the wing to the
level of the templates, Straight-line elements were used between template stations,

A photograrh of the partially completed lower surface of the wing is shown in figure 7,
The thickness of the balsa varied over the surface from 0 to as much as 15 centimeters
{6 inches}, Thic mezns of modifying the wing contour was generally satisfactory but
did resuit in surface waviness of 2& much as 0. 15-cantimeter (0. 060-inch) deviation
from the mold line., This deviation did not appear to affect wing performance, partic-
uiarly not on the unper gurfice,

TEST CONDITIONS

The flight test conditions for thoe bazic wing evaluation are shown i{n figure 8, Pres-
sure distributions and statie L-1, Jdiag, and pitching-moment characteristics were
determined for ezch condiiion during stebilized, constant-g turna, Normal-load factors
up io buifct ouset or 4, 5g were cbtained,

In subsequent tests, the handling qualities were investi:ated briefly. Manecuvers
performad inciuded atrady sideslip, various banks and turns, aileron tnputs after buffet
onset, =nd rudder kicks, These tests indicnted that the handling characteristics were
similar io tho=e of the basic T-2C airplane, including stalling characteristics, and that
lateral control afier stall was good,

INSTRUMENTATION

A plan view of ke alrplane is shown in figure 9 to illustrate the 96 wing-surface
static-pressure iipa and four accelerometers, Tho accclerometers were us2d for
detocting buffet ot the center of gravity and near the wingtirs, Additional icdicaticn of
buffet wag cbeained from strain gages installed on the borizortal tail, A preseure roke
was ingtalled ot the wing trafiing edite near the 40-percent uemispan to dotermin? the
airfol! secticn drag. Tila rala messured tha total- and static-pressure distributions
at the 5-percent chord back of tho wing trallizgy edge, Sufficient instrumentation was
utilized te cotain, in addition to the fight condiliona, the lift, thrust, longitudinal and
porma!l acs:ierations, control-surfice peaitions, and aileron hinge moments as well
as cnyle of attnek and ancgle of sideslip, Engine thrust was determined from known
static thruer-stand calibrations and measured inlet and nnz»le pressures and tempera-
tures, Drag was then calculsted frem a balance of forces,
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TEST RESULTS

The flight test results of the modified airplane were compared with wind-tunnel data
for the 0, 09-gcale model of the modified airplane and with the characteristics of the
bastc T-2C airplane, Figure 10 shows represgentative lift curves of the modified air-
plane and the modal., No consistent difference due to Reymnolds number was apparent
within the band of scatter of the flight data, Correlation between tae lift-curve slopes
of the flight and wind-tunnel data 1s good.

A repregentative comparison of the drag polars from wind-tunnel and flight tests on
the modifisd airplane is presented in figure 11 for a Mach number of 0. 70, At lift
coefficients greater than approximately 0, 4, the drag was gencrally less in the flight
data than in the wind-tunnel data, At this condition, chordwise pressure distributions
at the tratling edge also showed generally better recovery in ilight. At low 1ift, how-
ever, thers {s a-large increase in drag in the flight data that was apparently affected by
Reynolds number, suggesting flow separation on the lower surfice, A similar cordition
also occurred at a Mach number of 0, 73, as shown in figure 12, The solid line in
figures 11 and 12 represents the drag polar that it is assumed would occur at a Reynolds
number of 20 millfon {f the added drag were not present, Figure 13 is a photozraph
chowing the nattern of wool tufts on tho wing lower surface at a Mach number of 0, 73,

a [it cozticlent of approximately 0.25, and a Reynolds number of 20 millicn. Flow
seperation {8 clearly indicated on the inboard half of the span, A separate disturbance
can be seen near ths 59-~percent span, which is the outer edge of the landing~gear door.
In contrast, the winz flow {8 smooth farther outboard, even behind the aileron hinge,
indlcating that the disturbance of the flow is not {nherent in the airfof},

The disturhance ard added drag on the &irplane is attributed to 2 combination of
factora: (1) adverse wing-fuselage interference, (2) engine compartment vents exiting
in that regiom, (3) surface roughness and earlier boundary-layer transition on the ajr-
plane, ard (4) landing-gear doors which protruded outside the airfoil contour mold lin=
as much aa 9, 32 centimeter (0, 125 inch) as a result of pressures induced in flight,

Subgequert flights at a Mach number of 0, 70, a lift coefficient of 0. 15, and a
Reynolds number of 20 million with the gear doors carefully matched %o the airfoil
showed a reduction in drag coefficient of approximately 10 counts (ACp = 0,0010). A

small sdéitional drag reduction was obtained by installing a single vortex generator

10 centimeters (4 {nches) from the wing-fuselage juncture at the 20-percent chord., This
vortex generator, which had a square planform 7.1 centimeters (2, 8 inches) on a side
and waa canted with its trailing edge 15° away from ‘he fuseiage, had been gelected
from geveral that were testod on the model in the Langley 8-joot wind tunnel, where {t
reduced drag by approximately 10 counts over a wide range of lift coefficients and

Mach numbers,

Ofl-flow pictures of the model showed a region of flow separation next to the fuselage
that was much smaller than that existing in flight, Figure i4 shows a comparison of
the chordwise pregsure distributicns on the airplane and the model at two gpan stations,
The preasure recovery on the lower surface is better cp the model at the inooard sta-
tion and better on the atrplane at the outboard station, which {3 apnroximately at the
center of the gileron span, Recovery on the upper surface at the trailing edge i3 better
on the airplare at both stations,

16

PP IV )



F - iy TR T S A A e TNy S . T I S i ahd it D I VLU

/

Since fuselage interference or protruding gear doors do not produce flow separation
on the basie T-2C wing, greatsr care must be taken with the supercritical airfoil than
with a conventional airfoil to avoid extraneous flow interference where pressure gradi-
ent3 on the wing are steepest,

Values tsken from tke drag polars at constant lift coefficients of 0,4, 0,5, and 0.6
are plottad against Mach number in figure 15, Also shown gre the comparable values
for the basic T-2C airplane, Maximum lift-drag ratio occurs at & lift coafficient of 0. 5.
The drag {ncreases with Mach number and reaches a plateau for the modified airplane
when local shock waves occur on the wing, In this speed range the mcdified airplane
has a drag penaity of appreximately 15 ¢ . Near the drag-divergence Mach number,
however, the levels of drag for the basic and modified airplanes are approximately
equal,

A drag plateau also appears in figure 16 for the airfcil section drag for constant
values of normal-force coefficient near the 40-percent-span staticn. The trend of the
drag is similar for the wind-tuneel and flight data, although the drag levels are lower
at full scale, as expected, Compariscn of figures 15 and 16 shows that the dreg-rise
Mach numher for the wing section i8 in good agreement with that for the airplane.
Figure 17 shows a comparisor of the drag-divergence Mach number (defined when

oC

m}l = 0, 1) for the basic T-2C airpiane and the modified airpiase st lift coefficients
from 0 to 0.6, The velues ghown for the modifl+d T-2 airplane at li2 coelficients leass
than 0,4 corresyond to the assumed draz pelar with no lower-guricce {low gseparztion,
The decrement for the modified wing at low Lf? is due to the higher design camber and
the fact that the lower surface of the wing expsriences supercritical fiow, Maneuvering
with this wing at iow lift cocfficients may be penalized at the higher Mach numbers,

By proper use of flapa to change the sffective camber, this effect might be corrected,
Further analyses and tests are required in this off-design flight condition,

Pitching-moment characteriatice are compared in figure 18, Without the horizortal
tail, the nose-down momert for the medified (supercritical) airpiane ia much larger than
that of the basic T-2C airplane. With the t«il on and at zero elevator deflection, how-
ever, the differencs is more than offset by increased downwasgh ct the tail, The pitching
moments in flight at zero elevator defiection were obtained by adiusiing lor the measured
elevator deflection at trim for each airplane end the previously determined elevator
effectiveness of the bagic T-2C airplane. Valuzs with the tail off were, of course,
obtained in the wicd tunnei., The downwesh was computed firom wind-tunnel data at
different horizontal-stabilizer dectlections, Wind-tunael and flight date for the modified

airplane are {n close agreemart,

One benefit of the modified airioil is an increass ic the lift coefficiznt for buffet
onset, as chown in figura 19, The increase in bufiet-cnset it coefficiant is ag much
&8 45 percent ot the low Mach aumbers and ducrenses with increase tn Mach number
unti! drex rise, at which point the Iift coefliciant for buffst onget for the two airrlanes
is approxi mately the same, Aiso shown in the figure is a curve represeating th- buliet-
onset boundary of the basic T-2C airplanc with stail strips removed. (Stall strips are
2. S~centimetar (1-inch} spoilers 28, £ centimaters (10 inches) wida positioned at the
leading edge at about the 20-percent span. The stripa are oo the baaic production T-2C
airplane to give stall warning.; The curve for the airpisne without stall strips gives a
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more valid comparison for the supercritical wing, which also was without stall strips,

The symbols in figure 19 correspond to the different indices that were used to
determine the onset of buffet, The pilot was asked to note the point at which he esti-
mated the amplitude of oscillation to be 0, 1 g. Because he was near the center of
gravity, there was a close correlation of his opinion with the amplitude measured at
the center of gravity. Accelerometers just inboard of the wingtip tanks were under-
standably much more sensitive than either of the indices near the center of gravity.
For this airplane it was determined that an amplitude of 0. 5g near the wingtip corre-
sponded well with an amplitude of 0. 1 g at the center of gravity, Strain gzges arranged
on the horizontal tail to read hending moment and elevator hinge nioments were sensi-
tive indicators of buffet onset but snowed onset at essentially the same values of lift
coefficient and are therefore not presented,

The lift curves at low speeds representative of the landing condition for the modified
and basic airplane are shown in figure 20, The increase fn maximum lift coefficient
for the modified aircraft is due to both an increase in the effective camber of the air-
foil and an increase in the stall angle of attack from 18° for the basic T-2C airplane t¢
21° for the modified airplane, At this higher angle of attack, the maximum lift coeffi-
cient of the modified wing without high-lift devices slightly exceeds that of the basic
wing with trailing-edge flap despite the greater down load on the horizontal tail required
for trim, With stall strips, the angle of stall of the basic airplane is reduced approxi-
mately 1° either with or without flaps,

Chordwise pressure distributions from flight and wind-tunnel tests are compared
in figures 21 and 22 for subcritical and supercritical flow conditions, respectively.
These data are fo. the 40~percent-wing-span station, Agreement between wind-tunnel
(at a Reynolds number of 3, 8 million) and flight data is generally good, and the effects
of change in flight Reynolds number from 10 million to 20 million did not cause signifi-
cant change in the pressure distribution even at the shock., These data do not indicate
the shift in shock-wave position with tncrease in Reynolds number that is characteristic
of most transonic data obtained on standzrd airfoils.

In subsequent flight tests, the general handling qualities of the modified airplane
were compared with those of the basi: T-2C airplane. This evaluation, which is
described in detail in reference 2, showed that the frequencies and damping of short-
period and Dutch roll modes of motion were similar to those of the basic T-2C airplane
and that the stall characte-istics were also similar, Stall was abrupt and characteris-
tic of leading-edge stall, but the wing showed little tendency to drop off and the post-
stall aileron cortrol was good,

Tke study on the supercritical T-2 wing was recently extended to include determina-
tion of the boundary-layer characteristics through the shock wave and for some distance
downstream. Total-pressure distributions were measured with the traversing probe
shown mounted on the wing in figure 23, This probe, which was made available by the
Boeing Company, hzd an arm which rotated about the body axis to achieve translations
approximately normal to the wing surface, A static-pressure probe wag attached to
the probe head, but it was determined that its minimum height (7. 6 centimeters
(3 inches) from the surface) was too great for it to be used for static-pressure meas-
wements through the boundary layer, It was determined in reference 3, however,
that static pressure remains cssentially constant through the boundary layer, Surface
static pressure was therefore used to determine the velocities in the boundary laver,
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These measurements were made at a free-stream Mach number of approximately 0, 74
and at angles of attack which produced peak local Mach numbers of 1, 15 to 1. 40 just

upstream of the shock, M;. At greater shock strengths, the flow remained separated
downstream of the shock, and the resulting buffet prevented accurute measurements,

Figure 24 shows the chordwise surface pressure distribution for a representative
case in which the shock Mach number was 1. 37, the Reynolds number was 20 million
baged on the wing chord, and the shock was located near the 50-percent chord, Veloc-
ity distributions through the boundary layer for this case are shown ir figure 25 for
several positions relative to the shock wave, There is a separation bubble indicated by
profile D at the 7-percent chord downstream of the shock, followed by reattachment
and a region of strong profile distortion as far as the 17-percent chord downstream,

It is interesting that the profile at the shock is only slightly altered by the shock, and

" at 1 percent farther downstream the separation bubble has not yet formed. This trend

agrees with the results in reference 3 for a flat plate,

Figure 26 presents the variation of shape parameter, H, and a’&u with position

relative to the shock location, Also shown are the comparable values from reference 3
for tests on a flat plate. The agreement in levels and curve shapes is considered good
and is attributed to the fact that the pressure distribution of the airfoil, like that of the
flat plate, has essentially neutral gradients both upstream and downstrsam of the shock.
This feature is perhaps the chief reason that the supercritical airfoils are able to with-
stand strenger shocks without sustained separation than conventional airfoils. As a
general rule, it is suggested that the start of the theoretical adverse pressure gradient

‘be essentially zero to a distance at least 206u downstream of the shock position,

CONCLUDING REMARKS

The 17-percent-thick supercritical airfoil is considered to be generally satisfactory
for use on a production aircraft, High-lift characteristics are good. Handling qualities
and stall are similar to those of the NACA 64A-212 airfoil at flight conditions below
drag rise, ailernns are effective even at lift coefficients greater than that for buffet
onset, and the drag level at the design condition is equal to that of the 12-percent-thick
conventionat airfoil. However, it has objectionable qualities in that (1) it is more
sensitive than conventional airfoils to the effects of protuberances and adverse fuselage
flow interference near the steep adverse pressure gradients that are designed into the
airfoil, (2) the rise in level of drag when the shock appears on the wing causes a drag
penalty that is not overcome until the Mach number increases to approximately that for
drag rise, where conditions may be uncomfortably close to shock-induced stall, (3)
the greater nose-down pitching moment creates added horizontai-tail loads for trim
and hence may cause somewhat greater structural weight of the tail for unswept config-
urations as for the T-2C airplane, and (4) for a tactical aircraft, maneuverability at
negutive lift coefficients may be restricted at high speed, In this case, Lowever,
aralysis indicates that maneuvering flaps might be very effective,

The flight characteristics were generally well predicted by the wind-tunnel data,

including shock strength and shock position, when the relative boundary-layer thickresses

were approximately equal. It is believed, however, that better representation of the
lower -surface flew disturbance might have been cbtained if the roughness had been
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applied farther forward on the model wing so that the boundary layer would have matched
that for full scale at the location where separation was likeiy to occur rather than at the
wing trailing edge.

The results of boundary-layer measurements are in good agreement with results
obtained in a wind tunnel on a flat plate with zero pressure gradient when differences
in upstream boundary-iayer thickness are considered, This agreement indicates that
the effects of surface curvature are small compared with the other parameters
affecttny shock-induced flow separation. It also indicates that the growth in momentum
thickness relative to the initial boundary-layer thickness and the velocity shape param-
eter can he predicted from low Reynolds number data when the differences in boundary-
layer thickness are considered,

The buildup of balsa wood covered with fiber glaas proved to be a generally satis-
factory way of achieving the wing contcur change at minimum cos., However, surface
waviness was & probiem in worldag such a large area with balsa, Performance of the
wing did not appear to be appreciably degraded by this waviness, particularly on the

upper surfuce,
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Cp drag éoefﬁcient
aCp chenga in drag coefficient
- Cy, Lift coelficient
(Cx) 0,253 pitciing moment about 0,25 MAC
Cn airioil section normal-force coofficient
Cp lecal surface pressure coefficient
i bcundary-layer-shape parameter, §*/©
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Mach number

wing mean aerodynamic -:hort-i
Mach number at the shock wave
Reynolds number based on MAC

Reynolds number based on distance ‘rom wing leading edge
to shock position ‘

velocity in the boundary layer relative to velucity just outside
. the boundary layer

distance from wing leadiag edge relative to local wing chord
distance from shock position relat;ve to wing chord

distance from wing surface, cm (in,)

angle of attack of airpiare fuselage reference piane, deg
angle of attack of locel wiag section, deg

distanca from shock position, c¢m (in,)

boundsry-layer displacement thickness, cm (ia,)

lorgitudinal control deflectica, deg

boundary-layer-velecity thickrzess at the shock wave, ¢m {in,}

spanwise distance from plane of eymmetry relative to total
wing span
boundary-layer momentum thickness, cm (in.)

rate of changs of drag coefficient with Mach number
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3. EVOLUTION OF THE F-R SUPERCRITICAL Boionc ?
WING CONFICURATION® E

By Thomzs C. Kelly and Richard T, Whitcombd
Langley Reaearch Center

INTRODUCTION

Iz paper 1 it wza noted that oue of the potortizl gulns of the supercritical airfofl
relative Iy conventional atrfeils of comparable thickneas was un incrcase in perform-~
ance ot crvine spoed, This smirn, which hiae been iaciestod in wind-tunnei javestrations,
could have a sipollicart Impeot o the pe~fnrmancs cf transport alecraft {f achievabie
ip fUzhe, Thiz peper describes 33 evoli®ion of te Fei configuration which waz de-
signed o demonatrnta 13 Qipht the advaatays of opimum: cruise pacformance,

PROGRAM DEVELDOPMENT

Fgire i Ldicalea some sipgnificar? sventa which led to the development of the
F-8 aupercritioal wiag conGyuration, In early 1967, after the {nitial develepment of
the iwodfmenzianal intowral aupercritical section, consideration was given to a proof-
of-coneent Dzt test which woc ki bo directed to demonstirating optimum cruise perform-
ance for a trargport-type wing, A numbder of {light pregram objectives designed to
Lnswer questions relalod to this oew concept were deflned. These objectives, which
are digcassed in paper 4, wer: ess2niially associgted with determining whether high
force-hcesk Mach numbors todicated in wind-tunnel tests could be obtained in fiight,
and with such charactsristics 08 munenvesing and spoed marging, ofi-design perform-
ance, the spplicaticn aad performance of lateral controls, sad the sensitivity of the
wirg to cuniour varisucos,

Several test-bhed airera® wers considercd for use in a flight program, The F-8
airplane =iy celocted 28 pariiculesly sultabla for saveral reagons: The wing was
eraily removadie; the airplane Ead suiScieat thrmat available to explore the gacocelerated
icz1 ard cverspeed cages: the structural deaizn vrag compailble with ths intent to deter~
mine (he buifet bouzdary; the gear retraciad iato the fuselago; and thare wera no

_ aprérest inlct-wing icterfereace problems. Also, exd perhaps most important, the

cirpiaze sppearsd to be arailabis, As noted in figure 1, mcdel design was {niticted in
167, ond a joint program between the Fligi® Rosearch Csater ard the Langiey Reseuarch
Cenler vas establiished (n esrly 1863, Model tests were gtartad about said-1963, and
the wing coordinates were finalized in late 1969,

*Title, Unclaseifad,
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CONFIGURATION DEVELOPMENT

The initiel model configuration, shown in figure 2, was designed with the wing
geometry intended to represent that of an advanced transport designed for near-sonic
cruise flight. The configuration has supercritical airfoil sections and the forward wing
glove mentioned in paper 1, A number of constraints were involved with the wing
sizing, primarily the trade-offs between keeping takeoff and landing speeds from
becoming too high and achieving the level-flight design cruise point at or below an alti~
tude of 15,240 meters (50,000 feet). In addition, an attempt was made to keep the
ratio of wing span to fuselage width representative of transport aircraft. The wing
longitudinal location was selected on the basis of early two-dimensional pitching-

moment results.

During development of the F-8 configuration, extensive investigations were con-
ducted in the Langley facilities which were associated not only with what has been
called "tuning” or small contour changes but also with the inputs required for structural
design and simulator and safety of flight studies, Other configuration changes wers
required as the design progressed. An example would be the addition of aileron hinge
fairings to the 'ower gurface of the wing when the structural design dictated a hinge
point below the wing lower-surface line,

The extect of some of these configuration changes is indicated by comparing figure 3,
a photograph of tke Snal model configuration tested, with figure 2, a photograph of the
initial configuration. The final model also included a sir.:laticn of the major protuber~
ances on the full-scale airplane, The different photo angles make direct comparison
difficult, However, the main changes included an increase in wing Incidence from
0° to 1, 5° to reduce takeoff and landing speeds, the addition of a vortex generator to
the leading edge of the wing lower surface to improve pitch ckaracteristics at moderate
Hft coefficients, modification of the inboard trailing-edge shape, and addition of a rear
upper-surface fuselage fairing, This fuselage modification and other changes are
discussed in greater detail later,

Figure 4 presents some of the geometric characteristics of the full~gcale configu~
ration. The wing has an area of slightly less than 26 square meters (275 square feet),
an aspect ratio of about 6,8, and 2 sweep of the quarter-chord line of 42, 24°, The
wing sweep was selected on the basis of the two-dimensional resuits and a consideration
of local induced flow-field effects near the speed of sound to provide a drag-rise Mach
number of approximately 1. 0 for the wing, It was believed that this drag -tise Mach
number could bz obtained for an optimized total configuration, or one which had both
supercriticzl sections and area ruling and an equivalent-body fineness ratio somewhat
higher than that of the F-8 configuration.

Figure 5 shows the spanwise variation of thickness and twist distributicns for the
model wing, Streamwise thickness-to-chord ratios vary from about 11 percent at the
wing~body juncture to 9 percent at the mean geometric chord location, and about
7 percent at the tip., These thickness ratios are based on the local streamwise chords
which become large inioard because of ths glove, The dashed curve indicates thickness
ratios which would be obtained by using as a reference the chords formed by straight-
line extensions of the outboard leading and trailing edges to these inboard locations,

36 R

rn - e e s —



AL =

iniadail el S g o )

In the right-hand plot of figure 5 the model wing twist distribution is shown for the
test condition corresponding to the 1-g cruise design condition, The overall twist, or
washout, from root to tip is about 7°, which is significant, It would be well at this
point to consider a contract requirement which specified that the model wirg twist had
to be matched in flight under the 1-g cruise condition, This requirement was included
in the contrzct so that the best correlation between wind tunnel and flight could be
achieved. In other words, the intent was to remove a major variable in the comparison
of wind-tunael and flight results for the wing at the cruise point, As far as it was
possible to determine in the wind-tunnel tests, supercritical wing performance on the
F-8 airplane {3 not unduly sensitive to moderate variations in twist, except that {n-
creased twist does delay pitchup, as would be expected, (See, for example, refer-

ence 1,)

Some further discussion concerning the addition of the rear-fuselage upper-surface
fairing {s necessary, Figure 6 shows the area distribution for the F-8 airplace, with
the components identified, In the early wind-tunnel tests, what was considered to be
an excessive, premature drag rise was experienced. Tests of the configuration with
the horizontal tails removed indicated that this drag rise was related to the abrupt
corner in the area distribution associated with the butldup of the horizontal- and
vertical-tail-surface area, Addition of the rear upper fairing served the dual purpose
of smoothing the abrupt correr in the area diagram caused by the area buildup and of
covering the wing rear attachment fittings which are approximately in line with the
wing-root trailing edge, It should be emphasized that the rear-fuselage fairing does
not resclt in either a "coke-bottle" fuseluge shape or an ideal area distribution, but,
rather, provides a fuselage area progression actually closer to that which would exint
on a transport configuration witl a cylindrical fuselage, In r*fect, it modifies the test~
bed F-8 airplane to provide an cnvironment which allows t::. wing to perform without
a significant penalty due to the test-bed vehicle itself, _ :

WIND-TUNNEL INVESTIGATIONS

Many of the papers that follow present comparisors of wind-tunnel and flight results;
therefore, the remainder of this paper wilil illustrate only a few basgic characteristics
and some selected wind-tunnel results associated with the coafiguraticn develcpment,

It should be noted that in most of the wind-tunnel tests 1.3 new method of transition trip
appliication described in reference 2 was used, It was found in the wind-tunnel tests,
however, that the flow over the wing glove could aot be kept laminar, so transition
strips over that regicn were moved forward, At the lower Mach numbers it was also
necessary to move the trip forward on the upner surface of the outer wing panel in -
order to eliminate a laminar szparation bubble which developed rearward of the leading

; edge.

As noted earlier, vortex generators were addad to the lower surface of the wing
. toalleviate an unstable pitch break which occurred at moderate lift coefficients,
Figure 7 shows the effzct of the vortex generators on pitching-moment characteristics
at Mach rumbers of 0,25 and 0. 99, A single vortex generator, shown in th2 gketch at
the top of the figure, was mounted at the 60 -percent-semispan station on each panel and
was swept forward about 42° with respect to the vertical. The streamwise airfoil
section was a 10-percent-thick Clark Y with the flat lower surface facing inboard, The
figure shows pitching-moment cceificient plotted against lift coeffici~nt for Mzch numbers
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of 0.25 and 0, 99, Fairly sizable effects of the vortex generators are shown for both
Mach numbers. These results are for the configuration with the horizontal tail,
Limited tests were also made with the tail off, and part of the effect noted is associated
with changes in the flow field over the tail, Significant changes in the fiow over the
wing may be noted in flgure 8 which shows comparison photographs of the upper-surface
boundary-layer flow at a Mach number of 0, 95 and a lift ccefficient of approximately
0.93. These boundary-layer-flow photograrhs were obtained by using the technique
described in reference 3, In these photographs, as indicated by the small sketch in the
upper right corner, the airflow direction is downward and the view is of the upper sur-
face of the left-wing panel, The midsemispan reglon of the panel is shown, with the
glove just outside the photo to the upper right and the left wingtip just beycrd the lower
left corner of the photo, The photograph for the configuration with the vortex generater
off shows the spanwise boundary-layer flow to be extensive at this condition with separa-
tion indicated over the outer wing panel, The right-hand photograph shows that the
vortex generator provides a barrier to the spanwise flow, resulting in better charac-
teristics over the outer panel and the {inprovement in nitch characteristics noted in
figure 7. The penalty associated with adding the vortex generators was about § drag
counts at cruize lift coefficients; huwever, significant drag reductions occurred at the
higher lift coefficisnts because of the reduced outboard separation, Later resulis have
indicated that the penalty ai cruise may be reducasd somewhat by toeing-in the genera-
tors. The effect of these vortex generators is similar to the eifect of a leading-edga
extension such 23 that on the original ¥-8 wing, The penalty at cruise lift coefticients,
towever, appears to be significantly less for this vortex gererator configuration,

Figures 9 ard 10 present some basic results which hzve been obtaired in the wind
tunnel for the final configuration with the vortex generators. Streamwise pressure
distributions are shown at several spanwise locations for the cesign cruise point, which
is at a Mach number of 0.99 and a lift coeificient of approximately 0.40. Results
similar to these are compared with flight results in paper 6, hut soma general obser-
vaticns can be made with regard to these figures,

Over the two outboard statione, the pressure distributions are similar {» appearance
to those obtained in two~dimensional tests of the supercritical airfoii, and the presence
of a shock wave s indicated at about the 7C-percent-chord station, The pressure dis-
tribution for the 80-percent-semispan siation, for example, i3 close to that askywn in
paper 1 in the description of the two-dimensional gupercritical airfoil. At stations
farther inboard the pressure distributicns begin to resemble those cbtained at lower
reiative Mach numbers in the two-dimensional tests, and the presence of a significant
shock wave is not apparent, The forward loading of the glove sections inkoard is
apparent, however, Figure 11l is an oil-flow photograph for this same condition. Rela-
tively clean boundary-layer fiow may be noted over most of the upper surface. Also
noticeable i3 the outhoard wave at about the 70-percent-sernispan station and a slight
amount of trailing-edge separation which appears to be restricted to about the iast few

percent of the chord,

Figure 12 i3 a summary cf the drag characteristics for the final model configuration.
Drag coefficient is piotted against Mzch numker for lift ccefilcients from 0.2 to 0, 6;
the design cruise lift cceificient of 0, 4 is shown as a solid line, These results are for
& horizortal-tail angle of -2, 5°, which was the tail angle selected during the wind-
tunnel tests for trim at the cruise point with a center-of-gravity location at about
35 percent of the mean geumetric chord, The vertical dashed curve connects the points
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on each curve at the Mach number at which the change in drag coefficient with Mach
number is 0, 1; this point has been uaec to defire the drag-divergence Mach number.
For the cruise lift coefficient, the drag-divergence Mach number is about 0, 97 and, as
will be shown later, this drag rise is associated with tke totai configuration and its
developing shock-wave system, An interesting point in this figure is that drag-
divergence Mach number does not vary significintly with lift coefficient; the value for a
1ift coefficieat of 0.6 is about 0.95. It Is also of interest that the highest drag-rise
Mach number is obtained at a lift coeflicient of 0.4, the lift ccefficient for which the wing
was "tuned, " These results are, of course, for a fixed horizontal-tail angle, and the
possibility exists that trimmed drag curves would show somewhat greater variations
with lift coefﬁcient than those indicated, depending upon a selected center-of-gravity
location,

On the surface these results for the complete configuration appear to be in conflict
with earlier pressure ¢istribution and oil-flow results which indicated good wing per-
formance at 2 Mach number of 0, 92, It should be recalled that the wing design was
aimed at optimaum performance near a Mach number of 1. 0 for a configuration having
an equivalent-body fineness vatio higher than that of the F-8 airplane,

Becauae the performance of the wing was of prime importance, an effort was made
in the wind tunne! {o d2termine the drzz rise for the wing by testing the F-8 fuselage
with the wing replaced by an eqx:ivalert body having the sume area progression as the
wing. As indicated by tne equaticen in ﬁgure 13, result.-. for this equivalent-body con-
figuration were ticn subtracted from corresponding results for the complete wing-body
combiaotien, and the difference, which s the drag associated with the wing, was plotted
for several lift coetficients 2s a function of Mach number. The drag shown represents
the friction, induced. wave, 2nd separation drag for the wing and indicates efficient
wing performance up to sonic speeds at the cruise lift coefficient of 0.4. It is hopad
that this result will be verified in fuli-scale flight wing rake tests, which are planned
for the near future.

CONCLUDING REMARKS

This paper has attempted to irdicate sorne of the considerations involved in deter-
mining the present F-8 supercritical wing configuration, The evolution of the configu-
ration has been the result of extensive wind-tunnel investigations: however, it may well
be that the finzl evolution may extend over a relatively long time as more is learned
from both wind-tunne! and flight tests,
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SYMBOLS

aspect ratio, b2/S

wing span, m (ft)

drag coefficient

lift coefficient

pitching-moment coefficient

pressure coefficient

local streamwise chord of basic wing panel, m (ft)

borizontal-tail incidence, relative to fuselage reference
line, deg

o»fach number

wing area, m2 (ft2)

airfoil thickness-to-chord ratio

weight, kg (ib)

chordwise distance rearward of leading edge, m (ft)
spanwise distance, measured from place of symmetry, m (ft)

local wing chord incidence, relative to fuselage reference
line, deg

cruise
total
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EVOLUTION OF F-8 SUPERCRITICAL WING CONFIGURATION

EARLY 1967 + CONSIDERATICN OF "PRCOF - OF -CONCEPT®

EARLY

M0

LATE

FLIGHT TEST

o FLIGHT PROGRAM OBJSCTIVES DEFINED
o SELECTION OF F8 AS TEST-BED AIRCRAFT

o MODEL OESIGN INITIATED -
1968 ¢ JOINT FRC—-LRC PROGRAM ESTABLISHED
1968 o FIRST WIND-TUNNEL TEST

1969 o WING COORDINATES FINALIZED

Figure §

INITIAL. MCSEL CONFICURATION

o

41

[ ' P ISURE WP S



s |

S A
.

G

nAll

.
[ Rt A

RN YO

8

v gy,

g o can

R e s

VT T S T eh e v cmm® 3w e g mbee

o

e rmaay S

F~8 SUPERCRITICAL WING AIRPLANE

s+ 25.9m(274.41)
M.68

wall,340Kg (25,0005 ) 4224 )

w/S «438kg/m® (21 1b/11?)

5
3.7m(12.9841)

SMa— 1

L-- -3.m- - -j L 16.5m - -
(43.1311) . (34.25¢1 )

42

T L s i e e B et e e bs s e s e vy e e e o

LR



-J_J

«®

Ty ALY R PP AS S QNS I

t

Y R S e LA

R I I AT AR DR RN AT Y SRIHE REIT Rt Sl Bt A Sl I A Eahiih s B

AREA

SPANWISE VARIATION OF THICKNESS AND TWIST

\ t/c BASED ON-
\ —oclove coro |
—— STRAIGHT L.E., \

T.E. EXTENSIONS
\ ¢« 0

\Y deg
\ -2

»
L

-
o
e
b
[}
(]
-
o
-
=

Figure 5

AREA DISTRIBUTION
BASKC CONFIGURATION

REAR FUSELAGE ADDITION
WING

TAIL SURFACES

FUSELAGE

LENGTH ——r

A PSS e

43

o o B e Bieem

oo -

JPPP IR ST

bima



o

A
/
VORTEX GENERATOR EFFECT
.
) ;E-O.G .
Jp e
Q. Q.
AN Me0.23 o Me0.99
Co Cn ofF
-t ] o Iﬂf
' 7 &'
' -2f on S -2 ON \
BeTTTA T T s T A s
L S
Figure 7
OiL FLOW VORTEX GENERATOR EFFECT
M20.95,C =0.93 ﬂ_oty
|
VORTEX GENIRATCR OFF VCRTEX GENERATOR ON
Fegure 8
-

T T

o T

T et B Biw as e dtens U o

car wien..

N T

e T VORIV

P S

u!



.

VR AT AN T Qe

"o

R A B N LAl TE e

B S

. gas o

T AT MY e

F-8 SUPERCRITICAL WING PRESSURE DISTRIBUTION
M<0.99 ; C 0.4

__,_ «0.!33 0307 lm

w2
¢ - -‘lé’\

Figure 9

F-8 SUPERCRITICAL WIrG PRESSURE O'STRISUTION
8-0.99; C, =0.4)

-.-,‘!i-o.ts: .80 933
-8 '

& ol \ A |
J !
i

L] [T

L
/e

Figure 10

R s

il e it

2 4 A B ol Pl

B i P

RETSTD v 8. % Wl i Ghime . FTo0 g oD A et DA SNITTS B1.% 0058 LhrtTD 4 Bl bl 47~ 10 B § e B Mt AA Y, Al BEAS T Bk i & a Ve

[

L SRR NV S e

§ ae wee wes G w—



et . b e & e A o

rLd

e e e e e bmeme e . e

DR A S S R

46

<

OiL FLOW
BASIC CONFIGURATION
M=0.99 ;C_ ~0.40

F-9 SC¥ MODZL
DRAG CHARACTERISTICS
Iy = -2.8°

0 .83 .90 .95 100

A N L T ST VI V7 P S WP TRy W0y SREopirvgess 1 '3

-t pem

[ NS

G N s e A e A

e, s

o o

-

e B G—emn



BT s e e L cme e wes s e e m

»
L T ey .

u!l.i”..,u a.gc.lﬂvﬂ!.sg.d P ary vy oy 1o

TRV SRS G ) AR ST e 4 ey W o, ST

47

'.o

nx

Figure 13

SUPERCRITICAL \WING ON F-8
Co,w:nG " Cp,winG Fus.™ Cp, Fus. (EQUIV.)
G
.S
4
3
Y

Q03r

02

Ol
o

Cp,winG

y v

» ' , oy e gt
St e e e ) Rt A b e i A0 0D et i stV 0 st ol s e Bt s 3 N s A0 o et m R e KRN WO G AU J T DI A0S R NeLONER TR S SR AR B PLURGL. < W1 2 I 3 Neal [T



P
— — LER ) 5" st it e X atab R

ﬁ_’"'«',"—'_”'.'.“"."‘_:‘!!': R .\,, 21 DA RAT AL

R ot t‘l"* P

et 4t Tar b it IV S F oL NS Cf ST S A

-¥

L S0 7 B

B UL AT AR TP S R

LR

L C-X-EP T TVE SR Ry

X12-10200

PRECEDING PAGE BLANK NOT FILMEL

4, STATUS OF THE F-8 SUPERCRITICAL WING PROGRAM*
By William H, Andrews )

3
-
i
i
5
3
Flight Research Center - Q 5
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The decision to proceed with a full-scale flight test evaluation of a sweptwing ver-
sion of the supercritical wing concept led to the selection of a TF-8A airplane as a
test bed, As mentioned in paper 3, an initial assesement revealed that the basic air-
plane wing could be replaced readily with one incorporating supercritical wing airfoil
sections and a acaled trsnsport planform, Further, the projected operational require-
ments dictated testing in the transonic speod range where propulsion system perform-
ance is usuaily limitad, in this regard the TF-8A performance potential appeared equal
to the task,

Th= first of several prorram mileastones leading to the initial flight occurred in May :
1969 whan the test-bed airplcre was obtained from the U, S, Navy., From May {o i
September the details of the sirplane modificationa were defined. In Ssptember 1969
contracis were awarded to Morta American Rockwell and Ling-Temco-Vought to support
the airplans moditication snu wing manufacturing. Simulator studies indicated that
longitudinal stability augmentation as well as other minor modifications to tke lateral
and cirectional control systems would be required. Sperry Rand was awarded a con-
tract to manufacture the lorgitudinal augmentation system components, Ia November
1970 the new wing was dalivered to the Flight Research Center, and soon after a series
of atructural vibration ard proof loads tests was performed, The wing installation,
fuselage, and control systzms modifications were completad, and the airplane was pre-
pared for the first flight, which was performed on March 9, 1971,

e ———
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This paper discusses the modifications incorporated in the test airplane and the
status of the program,

Figures 1 and 2 are photographs of the basic TF-8A airplane and the supercritical
wing test-bod airplane, The wing, of course, is the major diiference in the two con-
figurations, The original wing had a variable incideace to improve takzoff erd landinrg
performonce, Tke geometry of the supercritical wing was not conducive to this feature
and, as a corsequence, the takeofl ard landing performance of ths tust airplere was
sacrificed, The rztionale related to the {nstsllation of the wing fairingy was clocussed !
ia paper 3, Tae {arward fairing, or glove secticn, wiich covers the wing ceator section
a?dne;:-e‘m::xl'!:n forward to tie cocekpit cenopy, and tho afl fusslage fairicss are conatructad
o rglae,
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WING DESIGN AND STATIC TESTS

Wing Structure and Design Criteria

The wing structure consists of a two-cell main box section with attached leading-
and trailing-edge sections (fig, 3). The construction material is primarily aluminum;
however, the wingtips and sections of the leading edge are made of Fiberglas, A
Styrofoam fill was used to develop the desired contour on the undersurface i{n the root
area to approximately a 10-percent-span location. The wing-gsurface gskins are tapered
and vary in thickness from approximately i. 78 centimeter (0, 7 inch) at the root to
approximately 0, 32 centimeter (0, 125 inch) near the tips,

The wing structure, fairings, and attachment fittings were designed to standard
margins of safety for symmetric load conditions ranging from 4.0g to -2,0g and a
dynamic pressur= of 38, 20 kN/m2 (800 Ib/ft2), The ecstimated service life of the siruc-
ture was 1000 hours for the profected range of test conditions anticipated during the
demonstration of the concept,

In addition to the design load specifications, a stringent requiremert was set that
the deformed shape of the wing was to duplicate that of the wind-tunnel model at the
design cruise condition, This was essential for comparing the pressure-distribution
data, Thus the wing was aesembled with the defiection and twist necessary to compen-
sate for the difference between the shape of the wind-tunnel-model wing and that pre-
dicted for the full-scale wing when the design crrise load disiribution was applied to the
unloaded basic structure, The wing structural design toierances for a cruiue Mach
nuriber of 0, 99 and a lift coefficient of 0, 40 specified that the difierential twist between
the root ribc was not to exceed 0, 1°; the differeatial twist betwaen wingtips not to
exceed 0, 3°; and the streamwise twist of the wingtip relative to the root was to be with-
in 20, 5° of the predicted value, A goal, although not a requirament, was that the out-
of-plane deflection of the trailing edge was not to exceed 0, 15 ceatimeter (0. 06 inch),

Proof Loads Tests

To be certain that the design criteria had been met, a series of procf loads tests
was performed on the wing hefore its installation on the airplane. Figure 4 is a photo-
graph of the test setup. The wing was mounted on a test fixture in an inverted position,
Strain gages in the wing structure were monitored for safety puarposes. Also, hecause
the primary purpose of the test was to verify the deflecticn arsd twist of the structure
under a simulated design cruise 1-g load distribution, deflection measurcments were
made at various spanwise and chordwise stations urder the wing, Shot bags werc used
to produce the required distributed load,

The measured and predicted streamwige twist derived during the proof loads tests
for the cruise load distribution are chown in tie following tstle:

Froote WX | Oy dex | Vo=, deg
Prodicted 0. 14 1. 48 L J1
Rigit wing penel 0.13 .43 L4
Left wicg panel 0. 14 1. 46 L.y

50 ﬁ B

Py A . a4 e~

PTTSRURT ST ST

e b gl ety A



B L T T LT T TN S A YT

/

The predicted values were derived from a standard North American Rockwell computer
program used to predict structural bekavior under various load conditions, on the basis
of the design characteristics of the basic structure. From the streamwise twist, meas-

L ured on the right and left wing panels, it can be seen that the difference between the

predicted and measured wingtip rotations is well within the specified tolerance of £0, 5°,
The measured differential twist between the root ribg is considerably lessg than the 0. 1°
specified, and the wingtip differential twist is lesg than the 0, 3° tolerznce limit spect-

- fied in the initial design stage, The out-of-plane deflections of the trailing edge are

presented in figure 5. The schematic shows the location of the reference plane and the
corresponding points of the deflection measurements. From these data it appears that
the root section is the only region where the specified deflection of 0, 15 centimeter

(0. 06 inch) was exceeded,

' Structural Vibration Test

In conjunction with the proof loads tesis, a structural vibration test was performed
on the assembled test airplane to identify the wing, fuselage, and control-surface
structural-mode-resporsze frequencies and respective mode shapes, The results of
these tests were used to upzrade tha structural-mode input data pertinent t5 tne wing
flutter analysis and to establish the filtar requirements related to the flight-control-
system modifications, Figure 613 a photograph of the test arrangement. The airplane
was mounted on an air-bag suspension system under the main and nose gear, Vibration
units, cepzable of producing sinusoidal inputs over the frequency rarge of 0, 1 cps to
1000 cps, weare located at strategic points over the airplane and connected to the struc-
ture by vacuum pads, The atructural response was recorded from ac.elerometers
distributed on the airplans, The overall test was conducted from 2 van which included
a console for controlling the vibration input and a recording system to monitor the
accelerometer responses. -

No flutter model tests were performed, so it was necessary to estimate flutter
boundaries through analysis, The classical flutter analysis used took into account sub-
sonic and supersonic aerodynamics and transcaic compressibility effects, The results
indicated that the flutter boundary would be well outside the projected flizht envelope,
On the other hand, a single-degree-of-freedom flutter znalysis that considered the bend-
ing and twisting acticn of a swept wing at supersonic speeds predicted potential insta-
bility for the first wing symmetric hending mode (approximately 6 cps) at altitudes
above 12, 19 kilometers (40,000 feet) and Mach numbers of 1. 0 to 1.05. As a consa-
quence, the aercelastic damping ~€ this mode was investigated during the flight envelope
expaasion program. In figure 7T a vortion of the flight results {3 summarized and com-
pared with the supersouic analytical predictions in terms of the damping ratio of the
first wing bending mode as a function of Mach number and altitude. It should be noted
that the eritical flutter speed would correspond to a damping ratio of zero. Subsonic-
ally, between a Mach number of 0. 8 and 0, 95, at an altitude of 10, 67 kilometers
(35, 000 feet}, it is evident that the damping decreases by approximately 34 percent,
The dampinz is further reduced (by approximately 15 percent) as the design cruice
condition at 14, 02 kilometers (46,000 feet) {3 approached and it is minimum near a
Mach number of 1. Considerably more data were ohtained supersonically than are pre-
seated here, In general, the data scatter is similar to that presented in the figure, and
inetgiu region of the flight eavelcpe the damping appeared to be generally highar than
predicted, _
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FLIGHT-CONTROL-~SYSTEM MODIFICATIONS

As mentioned, the preliminary fixed-base simulation studies of the modified F-8
configuration revealed a potential longitudinal instability over the projected flight
envelope and indicated a need for stability augmentation. The longitudinal control sys-
tem designed to control this instability is a blend of pitch rate and normal acceleration
measured at the pilot's station, This scheme of control-system mechanization is
commonly referred to as the C* concept. The system is essentially a fail-operational,
fail-safe design which uses three separate channels for system reliability and failure
dete~tion,

Figure 8 is a simplified block diagram of the modifications incorporated in the
longitudinal control system. The pilot's command through the force stick provides an
input to the basic F-8 mechanical system and the command augmentation system
electronic network, Within this network the electrical signal is proportional to the
stick-force input. The pitch rate and normal acceleration are shaped, gain controlled,
and summed ‘o procuce the C* jeedback error signal. The error signal is gain con-
trolled and positions the pitch servo to augment the basic airplane pitch damping., To
operate the servo around a central position, an auto-trim network is provided, This
networlk moves the stahilizaer to the trim position and transmits signals to the C* feed-
back that drives the error signal to zero and in turn centers the servo, In addition,
the trim retwork provides some shaping which aids in augmenting the longitudinal sta-
bility,

Lateral control is provided through segmented ailerons which are drooped and gerve
as flaps during takeoff and ianding operations, The lateral-directional stability aug-
mentaticn system is similar to those included on the basic TF-8A airplane. However,
minor modifications were made to the respective control-gurfice deflections and aug-
mentation authority to provide compatibility with the configuration changes. In addition,
as lor the longitudinal system, the variable-gain controls installed in the cockpit are
accessible to the pilot,

FLIGHT TEST OBJECTIVZS AND PROGRAM STATUS

The objectives of the flight test program include definition of the drag-rise Mach
number, determination of tae wing pressure distributioa and acquisition of correspnnd-
ing boundary-layer and wing-waiie data, investigation of the manauvering and speed
margins associated with the buffzt characteristics, and evaluaticn of the stability and
control behavior at the dasign cruise coaditions for the winz. [n addition, the sensitiv-
ity of wing performance to control-surface deflections, 2eroelastic deformation, wing-
surface roughness, and other nif-degign operations is to be agsesged, The ultimate
cbjective, however, {3 to prova the concept by correlating flight information witk wird-
tunnel predicticns where corresponding data exist,

Twenty-seven flizhts have been performed with the tesi-bed alrplane, Figure 9
shows the {light 2nvelope that has been defined. Essentially, the airplane has teen
flown to a maximum altitude of 15, 55 kilometers (51, 000 feet), a Mach number of 1. 21,
and a dynamic pressure of 25, 62 kN/m2 (535 1b/ft2), Flgnure 10 shows the (light and
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wind-tunnel Reynolds number envelopes, based on the mean aercdynamic chord, covered

in the flight tests as a function of Mach number. Most of the data related to the drag
and wing pressures were obtained near the degign cruise point, Future testing will
extend to higher Reynolds numbers, The first 10 flights in the program were devoted
to expanding the flight eavelope to the specified supercritical wing design point and
beyond. During these flights the basic stability, control, handling qualities, perform-
ance, and flutter characteristics of the airplane were evalusted. In the second phase
of the program, additional data of these types were obtaired; however, most of this
test time was devoted to accumulating total drag and wing pressure data, Throughout

both test phases, airplane center of gravity varied from approximately 22 percent to
26 percent of the mean aerodynamic chord.

CONCLUDING REMARKS

The flight program of the F-8 supercritical wing test-bed airplane hig proceeded in
an orderly manner, particularly in view of the difficulties of testing in the transonic
speed range in either wind tunnels or flight, An attempt has been made to acquire
Aaccurate data from precise state-of-the-art instrumentation and test techniques,

SYMBOLS
CL A total airplane lift coefficient
Kc* C* gain, deg/g
an normal-acceleration feedback gain, deg/g
Kq pitch-rate feedback gain, deg/deg/sec
n, normal acceleration at pilot's station, g units
P
q pitching velocity, deg/sec
q dynamic pressure, kN/m2 (lb/22)
emt twiat of root chord about local 35-percent-chord location, deg
Gup tvr::tz of the tip .iord about the local 35-percent-chord locatien,
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5. PRELIMINARY LIFT AND DRAG CHARACTERISTICS OF THE
F-8 SUPERCRITICAL WING AIRPLANE* L

By Jon S, Pyle
Flight Research Center

INTRODUCTION i

program is to determine the drag-divergence Mach number, that is, the Mach number
at which the total vehicle drag increases significantly. Another objective of the program
is to show kow well wind-tunne! data can be used to predict the perfermance of a super-
critical wing cornfiguration in the transonic Mach number region from 4, 9 to 1.0, Com-
parisons of this nature are important in view of the uncertainties in the present methods
for extrapolating wind-tunnel-model data io flight Reynolds numbers, determining the
effect of wall interference on the model results, and simulating the flow separation
characteristics on the model wing to correspond to the large-scale wing, However, in
comparing these wind-tunnel and flight results, it must be taken into account that this
supercritical wing test configuration is of only intermediate scale and that a full-scale
transport would have Reynolds numbers three to five times larger,

This paper reviews the lift and drag results obtained from the first serias of flights
with the F--8 supercritical wing configuration, To concentrate on the performance of

tunnel data, Although removing these variables provides for the best comparison of the
wind-tunnel and flight wing drag, which is the immediate purpose of this paper, it is
somewhat unreal for purposes of assessing the ability of a designer to use wind-tunnel
results to predict the absolute drag level of a complete airplane,

ACCURACY AND METHOD

. The drag-divergence Mach number has been established as being of prime impor-
tance to this study; thus the ability to measure Mach number accurately becomes very
significant, Figure 1 presents the Mach number position correction as a function of
irdicated Mach number, which was determined in fligi:t tests (similar to those reporte
in ref, 1) of the F-8 supercritical wing configuration by using a compensated pitot-
static prote, This airspeed probe was desigred a: the Langley Research Center, on the

*Title, Unclassified,
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basis of principles described in refereace 2, to compensate for the position error in
Mach number for this particular wing-fuselage configuration, The compensated probe
was also designed for reduced angle-of-attack sensitivity between -2° and 8°, the region
of most importance to this study. The estimated accuracy of the flight Mach number is
shown in the figure by the band about the solid curve and is calculated to be within 0, 003
Mach number in the transonic region, The maneuvers used in making the flight calibra-
tion consisted of constant-altitude accelerations and decelerations, True ambient pres-
sure was obtaired by determining the precise altitude of the airplane with radar tracking
and calculating the ambient pressure for that altitude from radiosonde balloon measure-
ments, This calibration was later checked against a calibrated airspeed system on an
Air Force PACER aircraft for steady-state flight at specific Mach numbers between

0.7 and 0. 95,

Although the compensated pitot-static probe slightly overcompensated the Mach
number position error, it improved the pilot's ability to achieve a desired speed by
reducing the position error between the indicated and true velocity usually provided by
the standard NACA pitot-static probe, This calibration was used to correct ali ilight
Mach numbers in this paper.,

The level of confidence in the measurement of Mach number has been determined,
thus the ability to determir~ total drag should be examined closely. The parameters
that contribute to the random error in the flight lift and drag results are listed in the
following table for 2 Mach mumber of 0,97, a lift coefficient of 0,4, and an altitude of
16. 2 kilometers (45, 000 feet):

Measurement Error in Cp, |Errorin Cp,
Parameter error percent percent

Weight : +4, 4 kN 0.4 -—
: (%100 1b)

Dynamic pressure 20,06 kN/m2 6.6 0.6
(£1. 3 Ib/ft2)

Net thrust +0,36 kN —-—— 3.8
(=80 1b)

Normal acceleration 0,01 g 1.0 0.6

Longitudinal acceleration 20,001 g -—— 1.2

Angie of Tttack +0,25° —— 5.0

Roct-sum-squared error 1.3 percent 6.4 percent

The estimated random measurement errors are presented for each parameter used in
the lift and drag determinatica based on cruise lift conditions. The contribution of the
individual parameters to tte rurdom error in the determination of Cy, and Cp is

presented in the Tight two columns. The values shown in these two columns represent




the limits within which approximately two-thirds of the data points should occur based
only on the individual parameter source, It should be noted that the largest contributions
-to the scatter in the flight values are uncertainties in the measurement of angle of attack
and thrust. The root-sum-squared error shown at the bottom of the table is indicative

of the limits within which most of the final computed values of Cr and Cp should occur,

An example of flight lift- and drag-coefficient measurements for a Mach number of
0.9 i{s presented in figure 2. 'Jlas {gure indicates the repeatability of the flight results
by presenting a plot of the actual data points obtained during nine separate maneuvers
on four flights, Most of the data peints are within the limits set by the total root-sum-
squared error shown in the preceding table, These limits are shown as a shaded area
at a lift coefficient of 0, 4.

Many ground and in-flight calibrations have been used to eliminate nonrandom errors
that could affect the flight lift and drag results, Thereiore, in addition to the normal
corrections made for individual and systom coraponent calibrations, preflight and post-
flight tare variations, and weight changes, special attertion was given to ground thrust-
stand calibrations of the thrust instrumentation and an in-flight calibration of angle of
attack, The latter calibration consisted of special quasi-stabilized maneuvers at
various Mach numbers to determine the true airplane angle of attack with a sensitive
accelerometer,

There remain possible bias uncertainties which have not been removed by calibration
procedurcs or tare corrections, For Mach numbers below 0, 95, the possible bias error
is estimated to be within about 3 percect of the drag coefficient at a lift coefficiént of 0. 4,
The main cause of this 3-percent uncertainty is the thrust determination, The J57-P-4
engine wiich was used in this airplane is particularly well suited for the thrust measuring
and calioraticn teckniques which were used, and thus permitted this relatively small
nonrandom uncertainty, At the higher Mach numbers the bias uncertainty in drag coeffi-
cient in this stedy is about 6 percent, This increase is primarily due to the difficulty
of defining angle cf attack in this speed region.

The primary cordiifon at which lift and drag results were obtained consisted of
level flight at a quasi-stabilized airspeed and angle of attack, Additional data to provide
drag polar segments were obtained during increasing normal ''g"coordinated turns, uti-
lizing the accelerometer method (vef, 3)., These "windup "turns were performed at very
slow rates to assure that the venicle would remain close to a trimmed tlight condition,
The quasi-stabilized maneuver was, however, cousidered to be the most important
flight condition zor Lift and drag detesmination because the F-8 supercritical wing, in
terms of aspect ratio and thickness, wos configured with cruise flight in mind,

DISCUSSION

Lift

Figures 3 and 4 present the flight and wind-tunnel lift curves for selected Mach
numbers between 0, 90 and 1.2, A comparison of the variation of fligh. and wind-tunnel
lift coefficient witk angle of attack is presented for each Mach numzer, The Langley
8-foot wind-tunnel results were obtained with an 0. 087-scale model of the test cenfigu-
ration. The wind-tunnel data are trimmed about the same center-of-gravity location as



the flight data, The solid symbol represents a data point obtained in the Langley 16~foot
wind tunnel, These data were obtained at only one horizontal-stabilizer deflection, so
the 16-foot wind-tunnel results are compared with flight data only at the condition where
the model data represent a trimmed condition,

In general, the flight lift curves are close to the wind-tunnel results except for the
data for Mach numbers of 0. 95 and 0. 99, where the lift coefficient for the wind-tunnel
results is higher at any given angle of attack than for the flight results,

The lift-curve slcpe, CLa- is presented as a function of Machr number in figure 5,

The flight-determined values of lift-curve slope are generally higher than thoge deter-
mined in the 8-foot wind tunnel for Mach numbers between 0, 8 and 0, 99, Flight-
determined liftcurve slopes were not available for Mach numters from 1.0 to 1. 08
because of the difficulty of maintaining constant-Mach-number maneuvers in this speed
range. At Mach numbers above 0.99, the F-8 airplane required the use of the jet engine
afterburner. However, the extra thrust produced by the afterburner could not be con-
trolled precisely enough to obtain stabilized flight in this Mach number range.

Drag

Before examining the drag measurements, adjustments to the results should be
discussed, As stated earlicr, the internal drag and base drag were removed from the
wind-tunnel and flight drag values, The model used in the §-foot wind-tunnel tests was
an accurate geometric simulation of the flight vehicle and included scaled versions of
the actual flight vehicle antennas, anticollision lizhts, nose boom, and other protuber-
ances that might contribute to the drag of the airplane. Dersonnel of the Langley 8-foot
wind tunrel adjvsted the wind-tunnel data to account for the differences in Reynolds

An earlier version of the 0, (87-scale model of the test configuration without the
scaled protuberances, leading-edge vortex generators, and aileron hinge fairings was
used for the 16-foot wind-tunnel tests. An increment of drag was added to the 16-foot
wind-tunne! results to account for these protuberances. Additional adjustments were
made by the wird-tunnel pessonnel to account for the Reynolds number differences and
surface irregularities of the model wing,

Figures 6 and 7 present the variation of drag coefficient with lift coefficient for
trimmed conditions at selected Mach numbers from 0, 90 to 1.2. The flight results are
compared with 8-foot and 16-foot wind-tunnel results where these were available, The
most notable feature of the comparison is the difference in the shape of the drag polar
curves. The flight results show a smaller variation of drag with lift than predicted by
the 8-foot wind-tunnel results. The drag level at the lower lift coefficients is higher
in the flight data than in the wind~-tunnel resuits, These higher flight drag values become
more obvious as Mach number increases up to 0, 99,

The flight results showed that a larger horizontal-stabilizer deflecticn was needed
to trim the vehicle than the wind-tunnel data had indicated, In addition, pressure

62




i e R e BRI ——iam e mm L. (R B LR e S N P

measurements were obtained on the boattail portion of the test configuration during the
8-foot wind-tunnel tests and the flight tests. These pressure measurements indicated
that a higher boattail drag was mezsured on the aft-sloping boattail surfaces in flight
than had been precicted by the wind-tunnel results. The long-short-long dashed line
plotted with the M = 0. 97 curves represents the wind-tunnel data adjusted to the flight
horizontal-stabilizer deflections and the added drag increment due to the difference
between the flight and wind-tuonel boattail measurements, Although the adjustment
compensates for some of the differences between flight and wind-tunnel drag level at the
lower lift coefficients, it does not account for the differences in the arag polar shapes.
However, it should be noted that the flight and wind-tunnel drag pelars intersect near
the design cruise lift coefficient of 0, 4,

The variation of drag coefficient with Mach number is presented in figure 8 at the
design lift coefficient of 0.4 and illustrates the comparison of drag-divergence Mach
number for flight and wind-tunnel results, The flight and 8-foot wind-tunnel results
were obtained from the previous drag comparisons, and the 16-foot wind-tunnel results
were extrapolated to a lift coefficient of 0, 4 by the wind-tunnel personnel, For the
flight results the drag-divergence Mach number, MpR, is approximately 0, 96; for the
8~foot vind-tunnel data it is closer to 0, 97, '

The Mach number region where some typical commercial transports experience
the drag rise is shown by the shaded area (ref. 5 and unpublished data). The super-
critical wing test configuration was not optimized to represent a true transport configu-
ration. This is evident from a comparison of the test configuration fineness ratio of
7.5 with the much higher fineness ratics of typical transport configurations. Thus the
transport drag coefficients for Cp, = 0.4 are expected to be low.r than those for the

test configuration, The compariscu indicates a favorable ircrease in drag-divergence
Mach number for the supercritical wing configuration when compared with the resuits
obtained with current jet transports,

An attempt will now be made to explain some of the differences shown in figure 8
between the absolute drag level measured in flight and in the 8-foot wind tunnel. The
.8-foot wind-tunnel results shown in figure 9 were adjusted to account for the larger
horizontal-stabilizer deflections required in flight and the higher drag measured cn the
boattail of the flight vehicle, as discussed previously with regard to the polar shown
for M =0,97, These adjustments were made go that it was possible to focus on the
wing drag and to reduce the effect of thosc drag differences which were not directly
related to the wing. The adjustments produced close agreement between the levels of
absolute drag fcund in flight and in the wind tunnel at the design lift coefficient as well
as close agreement in the flight aad wind-tunnel drag-divergence Mach number, In the
previous comparison of flight and adjusted wird-tunnel model drag polarg at a Mach
number of 0, 97 (fig. 6), it was noted that the model drag polar intersected the flight
results near the design lift coefficient of 0, 4. In view of the diiferences in the polar
shapes of the wind-tunrel and fiight results, the relationship of the absolute drag levels
at the design condition in figure 9 is so close as to be deceptive if considered by itself.

CONCLUDING REMARKS

Flight tests of a supercritical wing attached to an F-8 fuseloge showed that the drag-
divergence Mach number was appreximately 0. 96 in the flight data and closer to 097 in
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the S-foot wind-tunnel data, Also, the drag-divergence Maciu number was significantly
higher for the supercritical wing installation on the F-8 airplane than for typical oper-
ational jet transports,

A significant difference in the shape of the drag polar curves in the flight and 8-foot
wind-tunnel results was apparent, The increasc of drag with lift was greater on the
modea! than in flight at the lower lift coefficients,

In general, ‘the flight lift curves are close to the wind-tunnel results except for the
data for Mach numbers of 0. 95 and 0, 99, where the lift coefficient for the wind-tunnel
results is higher at any given angle of attack than for the flight results.
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SYMBOLS
Cp drag coefficient
ACp/AM slope of the drag coefficient with respect to Mach number
CL lift coefficient
CLq lift-curve slope
hp altitude, m (ft)
M free-stream Mach number
AM compensated probe position correction for indicated Mach

number, MT - Mj
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drag-divergence Mach number, AC)/AM = 0.1
indicated Mach number
true Mach number

angle of attack, deg
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6. F-8 SUPERCRITICAL WING PRESSURE DISTRIBUTION EVALUATION*

By Lawrence C, Montoya and Richard D. Banner
Flight Research Center r Ay
INTRODUCTION -

In paper 5 the total lift and drag characteristics of the full-scale supercritical wing
F-8 airplane and the wind-tunnel model were presented and compared, In those data
the drag-rise Mach number for the complete configuration was approximately 0, 96,
However, the mode! wing performed well, with only a small amount of separation, up
to a Mach number of 0, 59. This Mach number was chosen as the design condition for
the wing,

The details of the flow characteristics over the wing are also of interest, particu- -
larly where flows 2re mixed and contain shocks and adverse pressure gradients that
night compromise e design if their effects are not oroperly predicted, To evaluate
the wind-tunnel wing datz, wing pressure measurements wer> made in flight. This
paper presents some of these data, compares them with Langley 8-foot wind-tunnel
results, and relates the maasuremerts to the drag and buffet charac’. ristics of the
complete configuration, :

WING CONFIGURATION

The flight wing pressure measurements were obtained from six rows of orifices on
both the top and bottom surfaces at span stations shown in figure 1. These span stations
were identiczl to those used for the pressure survey on the model,

The wing planformas of the airplane and model were identical. The full-scale and the
model wings were constructed 3o that they had the same twist distribution at the design
conditions—a Mach number of 0, 99 and a total airplane normal-force coefficient of 0, 40,
The model wing 2lco incorporatad the leading-edge vertex generator and aileron hinge
fairings that existad on the full-gscale wing, The airplane wing surfaces were filled and
sanded so that they were as close to the model in smoothness and surface contour as
practical,

To simulate the boundary-layer characteristics in flight, artificial trips were used
on the model. The position of the boundary~laver trips, which were placed on both the |
upper and lower surfaces of the model wing, is shown in figure 2.

At Mach numbers equal to or greater than 0, 95, the trips were placed at the
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31-percent chord on both the upper and lower surfaces of the outer wing panel (shown
at the top of fig. 2). This trip location was used to simulate the boundary-layer charac-
teristics in the adverse pressure-gradient regions at the rear of the airfoil. For Mach
numbers of 0. 90 and below (shown at the bottom of fig. 2), the boundary-layer trips on
the outer wing panel were located from the S-percent chord to the 8-percent chord on
the upper surface and at the 31-percent chord on the lower surface. This forward trip
arrangement on the upper surface was used at these Mach numbers to prevent laminar
separation aft of the velocity peak that occurs near the leading edge. The trips on the
vpper surface of the inboard wing panel or "glove" region were moved forward because
laminar flow could not be maintained in this region, For this reason, as well as the
unscaled fuselage boundary layer near the wing root, boundary-layer scaling was not

" expected on the inboard wing regions,

INSTRUMENTATION AND PROCEDURE

The 248 flight wing surface pressures were transmitted to three wing instrument
bays using 0. 318-centimeter (0. 125-inch) inner diameter tubing where the pressure
measurements were made with scanivilves. All data were recorded on onboard tape
and reduced by computer. Durinz data runs, continuous in-flight scanivalve pressure
transducer zeros vwcre obtained, Lata were taken during steady-state flight with sever-
al repetitive data cycles at each test condition, Data points were also repeated on
successive flights, and checked well, The wind-tunnel and flight measurements were
madz with coranarable 1cecuracey.

RESULTS AND DISCUSSION

In the following figures, data are presented for selected conditions that are repre-
sentative of the flight data ottained. Wind-tunnel results are compared with the flight
data, :

Figure 3 shows a wing pressure distribution (coefficient of pregsure versus chord
location) for both flight and wind-tunnel tests at a Mach number of 0, 30 for 2 wing-
panel normal-force coefficient of 0, 30. (The wing-panel normal-force coefficient was
obtained by integratiag the span loads outboard of row 1.) In flight the right aileron
wag trimmed slightly down. The average deflection was 1,8°.

in general, the agreement between the flight and wind-tunnel pressure distributions
is good for both the top ard bottom surfaces. At these conditions, there is a high-
velocity peak and a recompression region near the leading edge of the upper surface,
As noted earlier, the boundary-layer trip was positioned near the leading edge of the
upper surface of the model, In view of the good agreement, it is believed that the
model trips had little effect on tko pressure in this region,

Higher second-velocity peaks are more noticeable in the flight data at rows 3, 4,
and 5. Although the deflected aileron may have contributed to these differences, it is
not believed to have had a significant effect cn the overall drag,

At the higher wing-panel normal-force coefficient of J.53 (fig. 4), the agreement
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between flight and wind-tunnel data is goed, witk recompressions occurring farther aft
than at C'pr = 0,30 (fig. 3) and at about the same chord location on the model and the

airp'ane, Again, the second-velocity peak tends to be slightly higher in flight than in
the wind tunnel, In both figures 3 and 4, trailing-edge pressure recovery is good for
both the model and the airplane,

In figure 5 section normal-force coefficients for rows 2, 4, and 6 are shown as a
function of angle of attack at a Mach number of 0,90, The ~rngie-of-attack scale is
offset for each row. The flight data were taken over a dypamic-pressure range from
8. 14 kN/m2 to 17, 72 kN/m2 (170 1b/1t2 to 370 Ib/it®}, whereas the model data were
obtained at 47. 88 kN/m2 (1000 1b/®2), It will be recalled that at a flight dynamic pres-
sure of 9, 58 kN/m2 (200 Ib/ft2), the airplane wing shape was designed to correspond to
the model wing at approximately 47, 88 kN/m? (1000 1b/ft2), The flight data appear to
show a consistent trend, which suggests that dynamic pressure has little effect over
this range,

As shown in figure 5, the flight section normal-force coefficients tended to be lower
than the wind-~tunnel data for the same angle of attack, (The solid symbols represent
the flight sectica normal-force coefficients obtained from the pressure distributions
shown in figures 3 and 4.) Some minor differences in the slopes clso appear, The
reasons for these differences are not understocd, There could be discrepancies in
either the model or the airplane angle-of-attzck measurements, or both, that have not
been detected,

Figure 6 shows a comparison of flight and wind-tunnel wing pressure-distribution
data at a Mach number of 0, 99 and a normmal-force coefficient of 0. 29, which is less
than the design value. Flight data for rows 1 and 2, which were close to the fuselage
where the boundary-layer-scaling conditions were not optimized, show gocd agreement
with wind-tunnel results except that the second-velocity peaks are higher in flight. The
second-~velocity peaks are also higher in the flight data for the outboard rows.

At the design wing-panel normal-force coefficient of 0, 35 (fig. 7), the trends are
similar to those in figure 6, The higher flight second-velocity peaks occur on rows
1, 2, 3, and 4, On rows 5 and 6 there is a single recompression which occurs farther
aft in flight than on the model, In the data of figures 6 and 7, the flight trailing-edge
pressure did not rccover as well as in the model tests, The reasocas for these differ-
ences are discussed in paper 9,

The data in Bgure 8 are for a wing-panel normal-force coefficient of 0, 42, Again,
the comparisons generally show good agreen:ent between the flight and wind-tunnel
results for both the upper and 'ower surfaces, At this higher wing loading, both the
airplane and model pressures show separated flow aft of the recompression, which is
farther aft in flight then on the model. The more aft recompression results in a more
rearward center of pressure on the wing in flight than on the model.

In figure 9 section normal-foree coefficients at M = 0, 99 for rows 2, 4, and 6 are
shown as a function of angle of attack, The flight values are displaced with angle of
attack relative to the wind-tunnel results, but because cf the limited data, the curve is
not well defined,
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These data indicate that the pressure distributions shown previously for the lower
wing loadings (solid symbols) are near a nonlinear region. This nonlinear region is
believed to correspond to the condition where the boundary layer separates. This
separation results from the aft location cf the shock at this Mach number.

The variation of the shock position aleny the chord at one station, row 5, for a
Mach number of 0, 99 is shown :n figure 10. The shock position is compared on the
basis of section normal-force coefficient, The shock was identified by an abrupt change
in pressure coefficient of approximately 0. 30, . ;

At the low section normal-force coefficient values, for both the model and in flight,
there was a forward and an aft shock, as illustrated in the small schematic at the
bottom right. The aft shock results from the second-velocity peak at these olf-design
section normal-force coefficients, On the model, as the forward shock moves rear-
ward, the second-velocity peak and its subsequent recompression disappear. In flight,
the second-velocity peak and its subsequent shock persisted through this region,

For section normal-force coefficients greater than 0. 45, only one recompression
takes place, on the aft region of the airfoil section, as illustrated in the small schemat-
ic at the upper right. The shock is approximately 10 percent farther aft in the flight
data than in the wind-tunnel data, The shock moves slightly forward in both instances
to a position which does not vary much with increasing section normal-force coefficient.
This has bheneficial effects in preventing separation from propagating forward, This
effect is discussed further in paper 7.

These trends in shock location were also observed ia i 2 other cuttoard rows,
except that in rows 3 and 4 the forward shock did not diminish untii a slightly higher
section normal-force coefficient was reached,

Both the position of the shock and the geometry of the trailing edge can influence the
upper-surface pressure recovery at the wing trailing edge. Both the model and the air-
plane had a l-percent-chord trailing-edge thickness, as illustrated in figure 11. As
shown, the trailing-edge geometries did not differ significantly. On the airplane, or:-
fice row 3 had a blunt trailing edge to accommodate future installation of a trailing-
edge rake,

Trailing~edge pressures for both the model and the z2frplane are shown in figures
12 and 13, Data are compared at Mach numbers of 0,90, 0.97, 0,98, and 0.99 as a
function of section normal-force coefficient, .

In figure 12 the agreement in the trailing-edge pressure recovery on the inboard
wing sections is considered goud, even though the model boundary layer could not be ---
properly simulated on the inboard wing and fuselage. The flight data tend to be slightly
lower for row 1 and slightly higher for row 2, and the pressure-recovery levels tend
to be higher near Mach 0, 99 than Mach 0, 90, .

The trailing-edge pressure-recovery characteristics of the outboard wing sections
(rows 3, 4, 5, and 6) are shown in figure 13, The significant difference between the
data at the higher Mach numbers and the data at a Mach number of 0, 90 is shown in
the pressure-divergence trends of the model data, At a Mach number of 0, 90, the
trailing-edge pressures diverge at about the maximum section normal-force coefficient,
indicating that separation spreads rapidly over the wing and czuses the sections to stall,
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The flight data show the same trends, except for the outer two rows, where the maxi-
mum section normal-force coefficients for flight are higher than the model data, At
Mach numbers of 0. 97, 0,98, and 0, 99, the sections do not stall until normal-force
coefficients higher than shown are reached; however, the trailing-edge pressure
coefficients diverge at secticn normal-force coefficients near 0.4. As noted previously,
the aft shock associated with the higher Mach numbers prevents the spread of separation
on the wing,

The model data indicate an optimum trailing-edge pressure-recovery cndition near
a section normal-force coefficient of 0,4 at Mach numbers of 0, 97, 0.98, and 0, 99,
Although the flight data are incomplete at the lower section normal-force coefficients,
there is some evidence that the airplane is showing the same trends as the model (rows
4and 5, M =0, 99; and row 6, M =0, 97), Hewever, it appears that the airplane trailing-
edge pressures do not recover as well as on the model at the higher Mach numbers, and
that this difference contributes to the increase in drag for the complete configuration,

In figure 14 span load disiributions are shown at Mach numbers of 0.90 and 0, 99
where the total wing-panel normal-force coefficients outboard of row 1 were the same
for the mode! and the full-scale wing, In the span load distribution shown in the right
plot, for the design condition of Mach 0, 99, the flight data indicate that the position of
the spanwise cernter of pressure wouid be slightly outboard of that on the model; how-
ever, the differences are small, At the oii-design speed of Mach 0. 90, in the left plot,
there are even smaller differencos. This suggests that the model and airplane have
equivalent wing-stiffness characteristics for these conditions,

CONCLUDINC REMARKS

In gereral, the degree of correlation between the model and airplane wing pressure
measurements is believed to be good, Some difierences are apparent, which can be
summarized as fcllows, At off-design conditions the second-velocity peaks were. higher
on the airplane wing than on the model, At design conditicns the shock was slightly
farther aft on the airplane than on the model, and the trailing-edge pressure recovery
was not ag good, The inboard wing-panel leading on the airplane was slightly less than
on the model, and because of the farther aft shock location, there was a more rear-
ward center of pressure on the airplane wing,

SYMBCLS
b wing sban, cm (ft)
Ciqu wing-panel normal-force coefficient,
1
c /2y
/ °n g9 T)
0, 133
. = Do
Cp pressure coefficient,
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c local streamwise chord of basic wing panel, cm {in,)

Cay average chord of wing panel, cm {in.)
S section normal-force coefficient,
Trailing
f edge '
Leading
edge
M free-stream Mach number
p local static pressure, N/m?2 (Ib/ft?)
P_ free-stream static pressure, N/m2 (1b/ft2)
q free-stream dynamic preasure, N/m? (ib/ 1t3)
x chordwise distance rearward of leading edge, cm (in.)
y distance perpendicular to the airplane centerline, c¢m (in,)
2
FY_ semispan station
a corrected airplare angle of attack, deg
0a average ailéron position between the inboard edge and outbecard
edge, positive trailing edge down, deg
Subscripts:
l wing lower surface
te wing trailing edge
a wing upper surface
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7. BUFFET CHARACTERISTICS OF THE F-8 SUPERCRITICAL WING AIRPLANE*

By V. Michael DeAngelis and Richard D, Banner - _---.o"
Flight Research Center

INTRODUCTION

Wing pressure measurements taken in flight have demonstrated the unique ability
of the supercritical wing to maintain an aft shock Iocation beyond the normal-force
coefficient for flow separation, It was this feature of the upper-surface flow that held

made to evaluate these potential improvemernts, This paper presents some of the pre-
liminary results of that investigation, Wing structural respougse was used to sense the
buffet of the wiag, an<d these data are compared with wind-tunnel-morel data and the
wing flow characteristics at transonic speeds,

INSTRUMENTATION

The supercritical wing was instrumented with several different sensors, which
permitted evaluation of the buffet-onset characteristics,

Figure 1 shows the type and location of the buffet instrumentation used in the study,
Accelerometers were loczted at both wingtips, the pilot compartment, and near the
center of gravity of the airplane, Strain gages were installed in the right-hard wing
panel and outboard aileror segments to measure unsteady bending moments and unsteady
afleron hinge moments, respectively, Pressuve orifices were located in six rows on
the right-hand wing panel as described in paper 6, A high-frequency prescure sensor
was iocated on the upper surface of the right-hand wing panel at the ouitoard end of the
aileron pear the hirge line.

The pressure orifices and the strain gages used to measure wirg-panel bending
momert were cominon to toth the flight vehicle and the wind-tunne! medel,

DISCUSSION

Buffet Sensor Response

The flight buTet data were obtained from gradual windup-turn maneuvers, Typical
time histories of the outputs of the various senzors during these maneuvers are

*Title, Unclassified,
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presented in figure 2, The center-body accelecrometer (near the center of gravity) has
a response much like that of the cockpit accelerometer, but it is contaminated with
inlet and engine noise and is, therefore, unusable. The pilot's indication of buffet onset
is superimposed on the four traces, If buffet onset were selected as the point at which
a definite increase in the unsteady oscillations of each signal was observable {shown by
the dark arrows), the different sensors would indicate different times for buffet onset,
This is to be expected, because buffet-intensity levels are a direct function of the
characteristics of the structure and the location of the sensor. The responses of the
sensors at the wingtip and aileron agree; the responses of the wing-panel bending mo-
ment and cockpit accelerometer also agree with one another and with the pilot's callout,

In general, the wingtip accelerometer was the most responsive, had the best reso-
lution, and produced the most repeatable data points from flight to flight, In addition,
it was belizved that the wingtip response could best be related to the unsteady pressure
forces which give rise to the structural buffeting. Therefore, the wingtip accelerometer
was chozen as the basis for compering and evaluating the structural buffeting charac-
teristics of the supercritical wing,

Buffet Onset

Figure 3 shows the Luffet-onsat.boundary based on the resronses of the wingtip
accelerometer {or two values of dynamic pressure, The significance of this becundary
is the apparent abgence of 2 sharp drop in the buffet boundary which usually occurs
between Mach numbers of 0.8 ard 0, 9 in conventional subsonic aireraft. When encoun-
tered during high-speed cruise, this form of buffeting is oftei. termed Mach buifeting,
The design cruise normal-forca coefficient, CN A» Of the supercritical wing is approxi-

mately 0, 40 at Mach 0,99, It is apparent that the wing does not encounter buffeting at
this value of Cn A throughout the Mach range, All flight test data are presented for

a center-of-gravity location at about 24 percent of the mean aerodynamic chord. If the
data were obtained for the desizn center-of-gravity location, that is, at 35 percent of
the mean aerodynamic chord, the buffet-onset curve would be raised by a normal-force
coefficient of about 0, 03,

The buffet-onset curve was not significantly altered by incraasing the dynamic pres-
sure from 960¢ N/m2 (200 1b/ft2) to 19,200 N/m2 (400 lb/ft2),

Figure 4 shows how the buffet-onset boundary determired from the wingtip acceler-
ometer data compares with the boundaries determined from the other sensors, As a
basis for the comparison, the wingtip accelerometer data from figure 3 are faired and
presented as a golid line. TLe symbols represent the buffet boundaries based on the
aileron hinge moment, wing-panel bending moment, cockpit accelerometer ouiput, and
pilot callout, Data from the aileron hinge-moment gage agree most closely with the
wingtip accelerometer data, The other three sources of data indicate a slightly higher
buffet boundary than the wingtip accelerometer. The delay of buffet onset indicated by
these other sensors is due generally to poor resolution and background noise. Refine-

. ments in the ingtrumentation and signal conditioning for these locatiors would be ex-

pected to provide results that agree better with the wingtip accelerometer data. In

general, however, all {ndicators of buffet onset showed the same trends with Mach
number,
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Flight studies of buffeting characteristics of fighter aircraft have shown flaps to be
effective in raising the buffet-onset boundary at transonic speeds. Therefore, it was
of interest to examine the effects of flap deflection on the buffet boundary of the super-
critical wing. Although the flaps were not designed as maneuvering flaps, the data
might suggest regions where maneuvering would be improved by flap deflection, Fig-
ure 5 shows the effects of 5° of flap deflection on the supercritical wing buffet-onset
boundary, At Mach 0.8 and 0. 9 there is a slight gainin Cy A before buffet onset, but

above Mach 0, 9 there is a slight loss in buffet-onset Cn e This slight loss is not

unexpected, because the airfoil has already been optimized for these higner Mach num-
bers,

Flight and Wind-Tunnel Correlations

It is of interest to compare this flight buffet boundary with the boundary predicted
from wind-tunnel data, In figure 6 a flight-determined buffet boundary is compared
with two wind-tunnel-derived boundaries, The wind-tunnel buffet-onset data derived
from the wing-panel bending-moment data are limited to Mach 0, 9 and below, Above
Mach 0., 9 it was not possible to define reliable onset points, Of the six rows of pres-
sure orifices, the three outboard rows were most sensitive to the initial flow separation
and, therefore, were used to establish the trailing-edge pressure-divergence boundary.,
TZe lower bound of the I symbol indicates the initial divergence of any of the three
outboard rows of trailing-edge pressures. The upper bound indicates the divergence of
all three outhoard rows of trailing-edge pressures,

At Mach 0. 8 and 0.9, the wind-tunnel value of CN A for the upper bound of the

trailing-edge pressure divergence and the bending-moment data agree fairly well with
the flight data, In fact, the trends in buffet-onset CNy with Mach number are similar

up to Mach 0,97, From Mach 0, 97 to 0, 99 the wind-tunnel data produce a boundary that
drops off sharply, The difference between the two boundaries can be attributed to the
fact that the wind-tunnel trailing-edge pressure divergence represents the initiation of
an aerodynamic disturbance of forcing function, and that the flight-determined buffet
bcundary represents the initial measurable r2sponse of the wing structure to the aero-
dynamic disturbance, :

The comparisons of the flight and wind-tunnel pressure data in paper 6 indicate that
good agreement would be expected between the flight and wind-tunnel trailing-edge

. pressure~divergence boundaries, Therefore, it can be inferred that the trailing-edge

pressure divergence from flight occurs at a lower CNp value than detected by the
structural sensors,

To understand the difference between the trailing-edge pressure-divergence bound-
ary and the initial structural-response boundary, it is necessary to examine the charac-
teristics of supercritical flow near the cruise Mach number, Figure 7 illustrates the
behavior of the flow on the outboard wing panel at Mach 0. 99. The three inserts above
the curve illustrate the upper-surface chordwise rrassure distributions which corre-
spond to the indicated portion of the section normu-torce curve,
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The section normal-force curve is characterized by two distinct linear ranges
followed by the stalled region, In the initial linear range approaching the trailing-edge
pressure divergence, the upper-surface pressure distribution is characterized by a
shock aft of the midchord with an attached trailing-edge flow, The transition from the
initiai linear region to the second linear region begins with the trailing-edge pressure
divergence, In this second linear region the upper-surface pressure distribution is
characterized by a region of separated flow which i{s restricted to the area behind the
shock. As the angle of attack increases in this region, the shock moves forward from
about the 80-percent chord to about the 60-percent chord, thereby increasing the region
of separated flow. Beyond the stall, the upper-surface flow separates over the entire
chord, Without the vortex generator, the model data have shown that the section stalls
at a much lower section normal-force coefficient, The flight-determined buffet-onset
point is illustrated, From this figure it can be hypothesized that the shock is confining
the initial separated flow region to an area sufficiently small that the structural sensors
do riot respond until a Cx A value much larger than that for the trailing-edge pressure

divergence is attained, In this Mach number range the trailing-erdge pressure-diver-
gence technique is not a good indicator of buffet onset as defined by the structural
response, and, conversely, the buffet onset from structural response is not an indica-
tion of the initial flow separation, However, at the lower Mach numbers, that is,

Mach 0. 9 and below, the upper-surface shock does not affect the separated-flow region,
Therefore the trailing-edge pressure-divergence boundary shows good agreement with
the buffet boundary determined from structural sensor data,

Flow Studies -

The extent of the separated flow on the wing at Mach 0. 98 was determined during
the flight tests from pressure data and tuft studies, Figure 8 illustrates the region of
separated flow as restricted by the shock wave at approximately the condition corre-
sponding to buffet onset as defined by the wingtip accelerometer. At the structural
detection of onset, an appreciable area of separated flow exists. As shown, a high-
frequency pressure sensor was installed near the shock location at the design cruise
cendition, This sensor was useful in studying the pressure fluctuations associated with
the movemert of the shock wave,

Presented in figure S are timc histories of pressure fluctuations at Mach numbers
of 0.90, 0,95, and 0. 98, Corresponding CN A Values are tabulated below each time

history. At Mach 0. 90 there is no evidence of a shock passing over the sensor with
increasing values of CN A+ end the buffet onset indicated by the pressure fluctuations

agrees with that indicated by the wingtip accelerometer. At Mach 0. 95 and a CN A of

approximately 0.5, the shock passes aft of the sensor, as illustrated by the abrupt
pressure drop, Ata Cpy A of approximately 0, 65, the shock begins to fluctuate behind

and just over the sensor until a Cyy 4 ©Of about 1,0 is attained when the shock begins to

pass forward of the sensor, The flow behind the shock is separzated, as shown by the
large pressure fluctuations at Cy A values of 1.2 and greater. The buffet orset defined

by the wingtip accelerometer occurs slightly before the pressure sensor is excited.
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The important difference at Mach 0, 98 is that the shock is aft of the pressure sensor,
as illvstrated in figure 8, The sheck approaches the sensor at a Cp A of about 0.9,

The onset of buffet defined by the wingtip accelerometer occurs ata Cy A of 0, 6, but
the smoothness of the pressure-sensor data between the Cy p Values of 0.6 t0 0.9

indicates that the shock is restricting the propagation of the separated flow region,

Buffet Intensity

In addition to the effect of the shock on the flow separation, the shock was found to
also affect the intensity rise of the structural buffet response, Figure 10 presents the
buffet-intensity data from the wingtip accelerometer as a function of the airplane
normal-force coefficient, Data are presented for four Mach numbers. At Mach 0, 90,
where the shock is not prevalent, the intensity rises rapidly immediately after buffet
onset, At Mach 0, 95 the rate of intensity rise is lower just after buffet onset, becoming
more pronocunced at Mackh 0. 8, This moderate rate of inte.sity rise is encountered
when the geparated flow is restricted to the region behind the shock. The greater rate
of intensity rise is encouiitered at higher Cy A values when the entire outer wing panel

begins to stall, Little flight data were obtained at Mach 1.1, but the wind-tunnel data
incicate that the shock moved to the trailing edge. The flight test data obtained at

a Mach number of L, 12 are presented for general interest, Little pressure data are
available at this Mach numbaor; therefore, no assessment «.° the effects of the shock can
be made, but the buffet intensity rise does increase slowly immediately after onset,

Although the general effect of the shock on the intensity rise is shown in figure 10,
one of the primary benefits of the supercritical wing on buffet is not readily apparent,
To better illustrate this effect, the Mach 0. 90 and 0, 98 data are compared in figure 11,
Although the buffet onset CN A Vvalue at Mach 0, 98 is less than the CN o Vvalue at

Mach 0, 90, the {ntensity rise is much more gradual so that the intensity levels are con-
siderably lower at higher values of Cyn A- Thus low intensity buffet mancuvering appears

to be practical at transonic speeds,
CONCLUDING REMARKS

The buffet characteristics of the supercritical wing have been investigatad by using
various structural sensors and sensor locations. The wingtip accelerometer was found
to provide the most accurate measurements of the structural response of the airplane,

The buffet~onset boundary from flight showed a high value of airplane normal-force
coefficient, Cn A’ ’throughout the Mach range without the sharp drop which generally

occurs in the higher transonic speeds,

Small deflections of the trailing-edge flaps produced moderate improvements in the
buffet boundary at Mach 0. 90 and below, but produced a slightly degrading e{fect at the

higher transonic Mach numbers,
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At Mach 0, 90 and below, the wind-tunne! trailing-edge pressure-divergence boundary
is in agreement with the flight-determined buffet boundary, Above Mach 0, 90 the wind- -
tunnel data produced a considerably lower boundary, which suggests that for the super-
critical wing the trailing-edge pressure divergence is not a valid indication of buifet
onset as measured by structural-responsc sensors, i

The unique flow characteristics of the supercritical wing at the higher transonic
Mach numbers suggest that a maneuvering aircraft might attain high values of Cy A

with relatively low buffet-intcnsity levels.

SYMBOLS :
an normal acceleration, g units . ‘
Aap filtered normal acceleration (high-pass filter), g units ;
Cn A airplane normal-force coefficient
Cn ' section normal-force coefficient
¢ pressure coefficient .
g acceleration due to gravity, m/sec2 (ft/sec2) 4
M Mach number
Ap difference between local static pressure and free-stream static |

pressure
q free-stream dynamic presesure, N/m2 (Ib/ft2)
x/c chordwise distance normaiized to local chord length
o airplane angle of attack, deg
a-an root mean square of normal acceleration g units

90



”t

<

®  ACCEHEIROMETERS

@& STRAIN GAGES

®  HIGH-FREQUEMCY PRESSURE SENSOR,
61.3-PERCENT CHORD

STANTIC-PRESSURE ORIFICES

Figure |

RESPONSE OF SENSORS DURING BUFFET

23
oy,

-39

o LIRS

M = 095

e bt e

Y e

e

i PROT CALLOUTY
- OF SUFFIYT OnMIST

ARIRON ) v !43 [EL]
HINGR MOMENT . dates -‘nlf b Lo
et ~“".‘*ﬁv‘.'"‘_‘?_"j"i'f?‘s"'§
Sp,
cocxrn,
|

ol Ve pa  TiAE

Figure 2

==



PR

BUFFET-ONSET BOUNDARY
RIGHT-HAND WING-TIP ~CCELEROMETER

0 -q = 9609 N/m2 (200 LB/FT?)
® q =19200 N/m2 {400 LB/FT2)

‘2
ol \W
Cn A
A= )
DESIGN CRUISE
POINT
0 1 3 1 . J
2 4 r3 s iy 1.2
M
Figure 3

BOFFET-ONSET COMPARISCNS FRCM VARIOUS SENSORS
q = 9600 N/m2 (200 LB/FT2)

— WING-TIP ACCELEROMETER

AILERON HINGE MOMENT COCKPIT ACCELEROMZTER
- .

i
N ]
Na \W i w
6} -
) 1 ] 1 } 1 ] 1. J
10 WING BENDING MOMENT PILOT CALLOUT
N "P w i W
-] ‘ 8
A S b
. | 1 { 1 J 1 ] L J
4 5 .8 1.0 1.2 .4 (] .8 1.0 1.2
M M

92




.-

LT YNy
. et

AR A a0 IR AL T

Wt

o

/

i g 0 2 s | ey gt

R L T D PN M LI . TR T A MO 70t i Mmooy ., SR ™ S VP o (T 1, el IR RINW [ SPWLT - wrmtrts S amin tmarm an

_ i

EFFECT OF FLAPS ON BUFFET-ONSET BOUNDARY

— CLEAN WINC
. O  5° FLAP DEFLECTION
4

N J}i \&  ——

Figure §

BUFFET BOUNDARY COMPARISONS

FUGHT
= WING-TIP ACCELEROMETER

WIND TUNNEL
I TRAILNG-EDGE PRESSURE D'VERGUNCE
O WING BENDING-MOMENT FLUCTUATIONS

S

CNA A I I

Figure 6

T 93

.‘,.;a.u.»-.-fku

[ FPREPR WL S I BT VIV S P

s b

e S R T N e eias IR TF N I PYY S A S G

N s Ay ar . At o o+ e v
:u-»d.-lw -

— b -

.
e o'

L
4
'

-

’/

)

}

)

4
L
Ay
—



12497 T ST @I weweayvee

——n &

e

T e ety e p e - ey ey

—n

et e o — . s VL e N g
’

EFFECT OF FLOW OGN QUTBOARD WING-PANEL CHARACTERISTICS

M = 099
SEPARATED
SHOCK C'
SHOCK v 2 x/¢ '
‘s x/¢ SEPARATED l
nfe 1

t\\ STALL (VORTEX GENERATOR ON)
\
STALL [VORTEX GENERATOR OFF)

BUFFET ONSEY
{(WINGTIP ACCELEROMETER)

TARING-E0GE
PRESSURE DIVERGENCE

Figure 7

REGION OF SEPARATED FLOW AT BUFFET ONSET

FUGHKT DATA AT A = 0.98

HIGH-FREQUENCY PRESSURE SENSCAR
REGION OF SIPARATID HOW

Figure 8

i < e L

94

A L 8 T i £ o e 4 e ey ¢ n T s b mae o

-t Ay yean



L]

/

Bl S TF, BT e Tt el gy

RESPONSE OF HIGH-FREQUENCY PRESSURE SENSOR

QUFFET ONSET
~| ™ =090
A.l 1 :
° 1
o] M, & 7 8
BUFFET ONSET
-] m=zo009s ! ’
] )
4 0
TR 8
. AS S &4 7 8 9 10111213
-] mso9 SUFFET ONSET
o e e e
. 5 4 2 s 9 l.'OI.I 12t's
——f o1 t0e TIME
Figure 9
BUFFET INTENSITY CHARACTERQISTICS
(ZERO POSITIONS SHIFTED FOR CLARITY)
")
-0~ 090
-0 093
<= 0.98
- 12
20, ® BUFFET ONSET
L5}
Can
WING TIP, 1.0
s
_’.—.
] |
(] o o

95

RS e Y

()

Lotiees

vedodab

- [ .
LR DR N L

Py S N

S LG AN SBaeteni A fa

PR R

Y ST RIS

PURIE-Y P RRTRL AP PTG PRP-Y N

R
NP e



0
.y ——

96

-0~ 0.90
-—0— 098

BUFFET ONSET

.. e e —— —— o o+ Ao

Ve ———



A S

e TORBTATR T ORIT ey T

R IR e P IT

o

WL E P TR A T M SN e e i
0

S

A

XTA~) 0R04
8. PILOTING AND OPERATIONAL ASPECTS OF THE '
F-8 SUPERCRITICAL WING AIRPLANE* : Eg 1
t plep
By Thomas C, McMurtry, Neil W, Matheny, and Donald H, Gatlin ; %
Flight Research Center
INTRODUCTION

Cne may well ask if a transport equipped with a supercritical wing can be flown
routinely near Mach 1, Are there any unusual or unexpected characteristics that may
introduce new operating problems? Although the F-8 supercritical wing test vehicle is
not {ully representative of a trazsport aircraft, it can provide some insight into the
answers to these questions, The flight tests, tkerefors, have beea patterned generally
along the lines of typical transport operations, although consideration has alao been
given to the usefulness of the concept for otier types of migsicns,

The range of altitudes and Mach numbers investigated covers preseat-day transgport
operating areas and includes the degign cruise region near Mach ° as well as the design
limit of Mach 1.2, as shkown in figure 1. Within the test envelope, the vchicle trim and
maneuvering characteristics, overapeed behavior, and overall stability and controllabil-
ity have been evaluated, with particular emphasis on the transonic range, This paper
considers both the overall hardling characteristics of the test vehicle and the correlation
of flight data with wind-turnal results (refs, 1 and 2),

It should be pointed out that the basic intent of tha program is to validate the wing
concept and desizn approach., An effort was made to achieve acceptable handling quali-
ties; however, time and cost constraints made it impossible to optimize them,

Although the test vehicle does not seem to ba typical of a transport aireraft, because
of its size and the location of the engine and wing {fig. 2), the wing and glove geometry,
except for size, are nearly identical to those of proposed trangport configurations, The

- ratios of aerodynamic and inertial moments are nearly the same as those of curront

transports except in the roli axis, whers roll control power ig high, Therefore, the
vehicle response and handling characteristics in flight should provide scme insight into
the behavior of future transports designed around the supercritical wing concept.

PILOT COMMENTS

The first takeoif of thé test veiicie was made from the dry lakebed at Edwards Air
Force Base, The ground roll for nonafterburner taksoffs is approximately 2000 meters
{8500 feet) and Uft-oZf airspeed 13 165 knots, All takeoffs are now made from the main

*Title, Unclassified,
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pﬂ, #S are irequir'é?%‘é‘t?a‘ﬁse of the limited tailpipe

runway. High takeoff and landing airs

clearance as well as the fixed incidence angle of the wing and the lack of high-lift devices.
The only high-lift device provided is aileron droop. The handling qualities of the airplane

during the takeoff and climbout are satisfactory in all respects,

In cruising flight the airplane has good stability and responds nicely to control inputs,

Simulated collision-aveidance maneuvers have been performed with no adverse handling

gualities noted. Maneuvers such as aileron doublets, rudder doublets, stabilizer pulses,

wings-level sideslips, and windup turns have been made to obtain data for stability and
control analysis. In simulated overspeed maneuvers performed near the design cruise
condition, the control of the airplane was satisfactory in all respects,

An approach to a stall has beea made up to an angle of attack of 17°* (approximately
145 KIAS), The airplane was in the landing configuration, The approach was broken off
when lateral response became poor, Light buffet was encountered during the maneuver,
Control response was good up to an angle of attack of 17°,

The landing approach is made at approximately 8° angle of attack (170 KIAS). During

the approach the ailerons are drooped 20° for a high-lift effect. The handling qualities
are good during the landing approach, All landings are made on the dry lakebed because
of the high approach airspeeds and the lack of deceleration devices. The high approach
airspeed has not posed any problems other than requiring a longer runway,

Tte airplane generzlly displays conventional handling qualities throughout its oper-
ating envelope,

A simulator was used to prepare for the flight program using wind-tunnel-derived
aerodynamie characteristics, It was fixed base and had limited cockpit features, but
it did provide the pilot with an adequate representaticn of the aircraft response to con-
trol inputs and the control activity required to perform the various flight-test maneu-
vers, The flight characteristicas agreed well with the simulated characteristics,

The airplane has an irreversible flight control system which includes stability aug-
mentation, The use of an irreversible {light control system is not unique; at least two
current transports have similar systems with no manual reversion. A command aug-
mentation system incorporating biended pitch rate and normal acceleration feedback
(C* system) was used in the pitch axis, It was required to compensate for reduced
longitudinal stability at advanced load factors, The roll and yaw augmentation systems
are similar to those of the basic F~8 airplane,

The test airplane hag been flown at some trim conditions without stability augmen-
tation and still has acceptable handling qualities,
LONGITUDINAL RESPONSE

In considering the vehicle response to longitudinal control inputs, it is convenient
to refer to the current Military Spenification (ref, 3) requirement for transport aircraft

as shown in figure 3. This specification calls for a combination of short-period frequency

and normal acceleration per unit angle of attack to be wit*in the bournds for level 1 oper=-
ations. Level 1 refers to "up and away" flight with all systems functioning, Levels 2
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and 3 pertain to partial systems failures which increase the pilot's workload and, at

level 3, lead to mission termination, The flight data represent the unaugmented air-
plane for the transonic range and are about midway between the level 1 bounds, The
pilots considered the lengitudinal responge to be satisfactory, Also, the flight data are

in good agreement with predictions based on wind-tunnel tests, The Military Specifica-
tion also calls for certain damping levels, The augmented airplane meets the damping
criteria; howevar, with augmentation off, the damping falls short of the minimum require-
ment, and the airplane is lightly damped and tends to overshoot.

generally higher trend than predicted from wind-tunnel data, The differences, however,
do not cause significant increases in the frequency levels shown in figure 3. The damping
derivatives from flight agree well with the wind-tunnel estimaties, except in the range

from Mach 0,9t0 1.0, In either instance the differences are minor and not apparent to
the pilot,

TRANSONIC TRIM VARIATION

Trim variation duriag transonic accelerations is another area of interest to the
transport pilot, In the past, tucking at high subsoric Mach numbers required compensa-
tion in one form or another, The supercritical wing vehicle, however, shows no notice~

apparent neutral speed stability for all conditions, Below Mach 1, 0, the trim angle
requirement in flight is slightly greater than predicted from model tests, Part of the
discrepancy can be attributed to the higher tread of the flight values for Cp, « Doted in

figure 4, In addition, some of the discrepancy is believed to be due to differences in
ro-lift pitching moment, Cmo' Figure 6 compares tha flight values for Cmo with

those obtained from wind-tunnel meagurements. The flight values were estimated from
measurements of aerodynamic-~center location and stabilizer eflectiveness, Below
Mach 0, 95 the compariscn indicates a considerable difference in zero-lift pitching

TRANSORIC MANEUVERING CHARACTERISTICS

The maneuverability of the test airplane ig satisfactory in the transonic range,
particularly at the desigu cruise Mach number, The principal factors tkat affect
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maneuverability are shown in figure 7. The upper boundary shows the highest normal-
force coefficients obtained in flight so far. The vehicle exhibits a pitchup that occurs
well above rormal transport operating conditions and is in fair agreement with the wind-
tunnel predictions, The sharp rise in this boundary above Mach 0. 9 is attributed to a
rearward shift of the wing ghock wave to the vicinity of the trailing edge, This shock is
stabilized at the aft location and acts as a barrier to forward spreading of flow gepara-
tion. This delays the occurrence of large lift losses on the outboard wing sections at
high angles of attack, Buffet onset also occurs well above the normal operating condi-
tions.

The basic parameters relating to longitudinal maneuverability are shown in figure 8,
a comparison of flight and predicted normal-force and pitching-moment characteristics
for a fixed stabilizer position at a Mach number of 0,95. The flight results were ob-
tained from known stabilizer effectiveness and measurements of stabilizer angle during
a grudual windup turn, The trends of the flight and wind-tunnel results are similar,
- In particular, the normal-forco.curves agree well, The pitching moments from flight,
bowever, show slightly higher stability and, as noted in figure 6, more negative values.
A decreace in stubility is indicated in the flight data at approximately 7° angle of attack.
This is followed by an abrupt pitchup at about 11° angle of attack, The wind-tunnel data
algo exhibit a nose-up tendency 2t about 7° angle of attack and an abrupt pitchup near
13° angle of attack. Buffet onset is generally observed in flight at the first break in the
pitch curve, These variations in stability are masked by the pitch command augmenta-
tion system,

UPSET-OVERSPEED BEHAVIOR

Another factor of concern to the transport pilct is the controllability of the aircraft
in an upset or overspeed condition. Several upset maneuvers have been performed
with the test vehicle starting from wings-level and banked attitudes near the design
cruise speed. A time history of the most severe maneuver, with the aircraft banked
approximately 45°, is shown in figure 9. An upset was initiated by pushing over to near
0g, lglllding for about 5 seconds with fixed throttle, and then recovering with-a 1, 5g to
2, 0g pullup.

Figure 10 shows the altitude and Mach number excursions resulting from three
different unset maneuvers performed with the stability augmentation system on. Two
of the maneuvers were started from level flight at approximately Mach 0. $7, one from
approximately 14,000 meters (46, 900 feet), and the other from 15, 000 meters

(49, 000 feet) altitude. The mareuver starting at 15, 060 meters (49,000 feet) was held
at 0, 5g for 10 seconds befors recovery was initiated; the others were held for enly

5 secornds, Because of the further increase in drag beyond the cruise point, neither of
the excursions from levei flight extended much beyond the sonic speed, The banked
maneuver was performed to exceed Mach 1, but was no more difficult to control,

The recovery in each maneuver was easy to perform, and ihe aircraft responge was
pormal in all resgpects. Control power was adequate, and there were no tendencies for
wing drop or control reversal, The airplane has been accelerated to a supersonic
condition many times and has handled nicely, When the drag rise was encouxtered in
flight, the indications to the pilct seemed to be the same as those in any other airplane;
that is, the airplane just stopped accelerating, This was not an abrupt change, but it
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was an obvious one,
LATERAL CONTROL POWER

As pointed out earliar, roll control is provided by conventional midspan ailerons;
These surfaces have dimensions of approximately 25 percent of the wing chord by
40 percent of the wing semispan and were sized to permit landings in strong crosswinds,
They are about double the relative sizes of the ailerons on the 707 airplane, However,
most current transports also have spoilers in addition to ailerons for lateral control,
The roll capability of the test vehicle is shawn in figure 11, a plot of maximum available
control power as a function of roll time constant, The boundaries apply to transport
aircraft and were determined by using the Flight Research Center variable-gstability
JotStar airplac» (ref, 5). The flight data are in generally good agreement with pre-
dictions based on wind-tunnel tests, although both the flight and predicted contrel power
are greater than the satisfactory range indicated for transport aircraft, This higher
trend is considered to be satisfactory for experimental flight purposes.

Figure 12 presents the variation of the two principal roll-response derivatives in the
transonic range, The aileron effectiveness and damping-in-roll derivatives obtained
from flight tests and faired wind-tunnel data are shown ag functions of Mach number,
The roil power is proportional to aileron effectiveness, Clﬁa' which is higher in flight

than predicted from wizd-t =nel tests at Mach numbers below about 0. 95, The damping
derivative, C; p’ also shows a slightly higher trend than predicted, These differences

are not apparent in the comparisons of roll power shown in figure 11,
LATERAL-DIRECTIONAL COUPLING

Good roll response also requires minimum coupling between the roll and yaw axes,
In figure 13 flight data are compared with predicted roll response in terms of w @

which contzing the yaw-due-to-aileron derivative, a principal contributor to roll-yaw
coupling, and wg, the Dutch roll frequency, When wp is equal to wqg, a pure roll

resronse is obtained, High ratios of o) to wy lead to a pilot-induced oscillaticn

(PIO) tendency, whereas low ratios result in sluggish roll response. The flight and

predicted responses are again in gocd agreement and are in a region considered to be
satisfactory, These trends are consistent with the pilots' evaluations of the roll per-
formance as excellent at transonic speeds,

The agreement between flight and predicted roll-yaw coupling {8 reflected in the
comparisons of the dihedral-effect derivative, Clﬁ, and yaw-due-to-aileron derivative,

Cﬂ{s » shown in figure 14. The dihedral effect from flight is slightly higher than the
a .

wind-tunnel result, The value of the yaw-due-~to-uileron derivative is small and shows
& more adverse trend than predirted, The differences, howev -r, are not sufficient to
produce an unsatisfactory roll response, Therefors, an interconnect between the aileron
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CONCLUDING REMARKS

The F-8 supercritical wing pregram has indicated that the piloting tasks and prdce-
dures at cruise speeds in the vicinity of Mach 1 should be nc less routire than in present-
day trangport operations, Some differences do exist between flight and wind-tunnel
measurements of the stability and control characteristics; however, the handling quali-
ties were predicted well, No unexpected or violent control characteristics have been

encountered,

This brief assessment of the stability and control characteristics of the F-8 super-
critical wing test vehicle can perhaps be summarized in one overall observation: The
introduction of the supercritical wing is not expected to create any gserious problems
in day-to-day transport operations,
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SYMBOLS
a, normal acceleration at tke center of gravity, g
Clp damping-in-roli derivative, rad-1
C; 8 effective dihedral derivative, deg~1
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rolling-moment coefficient per degree of aileron deflection, dcg‘l

Pitching-moment enefficient
effective damping-in-pitch derivative, rad-l

pitching-moment coefficient at zero lift and 5y =0
Pitch stability derivative, deg-l

normal-force coefficient

yawing-moment coefficient per degree of aileron deflection, deg‘1

pressure altitude, m (ft)

maximum rolling acceleration due to 2ileron deflection, sec~2

Mach number

normal acceleration per unit angle cf att2 %, g/rad
dynamic pressure, kN/m2 (lb/ft2)

angle of attack, deg

flight-path angle, deg

aileron deflection, deg

horizontal-stabilizer deflection, deg

roll-mode time constant, sec

bank angle, deg

Dutch roll natural frequency, sec™!

natural frequency of the longitudinal short-pericd oscillation, sec-1

frequency of the numerator of the ®/6, transfer function, sec~!

| ST USRI



4
i
' FLIGHT TEST ENVELOPE
0 x 103 ESIGN CRUISE
15 x 103 50 210 ° -—
: 2% )
IR 1
- 40— - ;
| 1 TEST ENVELOPE 7' RN/ 4
‘ -y T .’- " .'ul |
: ol 30| Ladmt ety
i I otteasTf 3830
! AUTTUDE, km |  ALTITUOE, # / T iae S (sao)
o 2ck SRt VA
' . oo &/
: RISt DESIGV
! - - /
' 3+ 0] o [ v L umn
o 4 ’
. ’
ol L/ IJ 1 L
) 2 4 & B8 10 12
MACH NUMBER
Figure 1

F-8 SUPERCRITICAL WING TEST-BED AIRPLANE

N A Rt T et Rl il oA Saf0 el P
T R T L T

L AT T WA TR

AP

24

i 104



\ B
) | ~
F ”'*?ﬂ’!r-:snbm—m""*:mm
. LONGITUDINAL RESPONSE
" M =087T012

i

L1 1

4 & 10 20 4060 100
nia, g/rad
Figure 3

LONGITUDINAL DERIVATIVES

O FUSHT
=== WIND TUNMEL

-80(—
- £}, -
T -40
C..‘OC.Q. -COL ?
* por red
- -201 8.-&
L_J ° I M
12 J 8 9 1w 12
Figure 4

P T ORI IR T PTLUTYT TR 2 I VST WP

105

bl

3

D T X e L T i S

oy AU e B ibs e et o el e T

e “ "w.‘g‘c.h

Fotarldota bkl 2358, s idn diad iy i et -:-':.Cd;ﬂ ’

i



[ M et con e, 252

106

TRANSONIC TRIM VARIATION

hp = 13,700 METERS (45,000 FEET), C.G. = 22 PERCENT

Sh.
deg

10

.05

QO FUGHT
= PREDICTED
TEU 46—
4
-.o
P N i‘i i .0
AN
2}
o | l | | J
7 .8 .9 1.0 L] 1.2
M
Figure 5
~ERO-LIFT PITCHING MOMENT
i ....-% %
o
d
= [e]
o O FLIGHT DETERMINED
® o & —— WIND TUNNEL
— 0
! ] ! ! J
7 r) ° 6 u 12
M

I
!
Al
1
oo
-4
A
]
i i
3
A
4
L~
1, ;\"‘s,\
3
3
3
>
4
j .
- -
; .
T
3
{. .
< A
43 “
d .
i *
N N
4
; .
i -




i s 0 S i R AN S v

-

ey ey

S

a0

L

LR XY T A

T

<

¢
.

weH ]

R Bt

RN it ]

Tyt

AL

Pt ', WY T R A e iy

g e

e 83T

T v -

.~ . ~

\ TN
. . -
' .
. R .
. a, -
~ - .
—
' i .
-

1.4

.2

<

1.4

12

1.0

4

MANEUVERING CHARACTERISTICS

| XY ’._ f.UGHT MAXIMUM/\

7

/‘ »
. - mmﬂ'gu/

PREDICTID PITCHUP

\‘ -
e ’
~ T A pucHT surreT onser
- OESIGN POINT @

Figure 7

LONGITUDINAL CHARACTERISTICS
M = 0.95, 3, = -2.5°, C.G. = 25 PERCENT

~=FLIGHT
WIND TUNNZEL

SRS N EUUN [ GO B N S N

o

4

8 12 16 20 O
Qa, deg

Figure 8

W———

107

~

PRI, NI AT IRV G T BT

FIST R TVY SRSV TINT S

3
Al

dasik

*
2

P
s

b i Sl e

e
-

I . e iba s S it PN I e NI Wi ST b

P T R V)

I

L et

:

b RPIRT TN WP}

"'.'i.'.‘ s, fibs et

HAE ¥

AR

v

A
3
B!
9
E
3

N .
ctmi t Cim sk d G tettdend e e - 2

taa



-
SIMULATED OVERSPEED MANEUVER
o= 45°
2 o ———— —
o :F Saapdmma=t i 1 { |
104 ’ ‘o’\-‘ ‘
[} ‘,—-/“' \\\-
s 1 1 t 1 L L
w =0t 46 = 107
b el P
‘: uE ¥ a Rt S
7 PO T T . -t L
og——— —
v ‘...nF it TS Sl [
° s ®» 18 20 23 30 33
TIME, see
Figure 9
OVERSPEED EXCURSICNS
3 50 x 103
15 x 10
48 b=
L) o 46— LEVEL FUGHT
h hp.
4 " “ - -
B : S~ 2o
42— \\(:.t- 45
\
-
| S
2 L “« "‘/
38 i i ! i | J
94 96 9¢ 100 102 104 104
M
Figure 10

108

v e

————— — - p——— N et e s Ay, ame,
. 1 i 4 AP e B Bt & =ty P S Lo



/

o q'ﬁ’:'ﬁ"”’k'f3;§'ﬂ7”m,'mm(;y_v A

B "-1.«:“1).7 ot L X SHTE

TS LATV AL ATRE Y ey

TG

ALV 1y

ROLL CONTROL POWER

. N
L e '
L ALME Sp e
A.v. .‘v...rw.\a. -..‘.

- v

O )
"

M=z08T010

el
IR INTY R SSTRYEEGNS A

[y

e N PSR 2 Syrerwne

UNSATISFACTORY

1J
e

4

!
X ]
i

< . Yo
SO AP S DT R S R

h

N »L.«..

e

- ~
BRI o corepmgn @ A = o 4G

v -

Figure 11

ROLL RESPONSE DERIVATIVES

LR LT OV 1 IVRTRPE TTE L U S ST W GO S, e

f

q.,

o FUGHT
— WIND TUNNRL
-4
per -4
O

e red

.,

Saq

P
!
s

002
per 001~
dey

5

3

(<

B TS TPV R T

Figure 12

PP Tl
. [P SRR T B, B 1]
IR PP ANT s h g B S S AT TETAC TP g R G o




TR AT ALY gy

.
~

. —— e caps W@ P

P

o ——— s t—————
e bt S e by s el -

LATERAL-DIRECTIONAL COUPLING
M=08T010
s O FUGHT
soreerre PRECICTED
: N /
af- o
) - é'o &
5> é
i A‘*’ &
" | rd "'./
v s / g’
2} 7 3
/ Kusmsnaoni
- —
] / ; "
T _"  S.WGGIsH
1 1 | |
o 1 2 3 4
wy, et
Figure 13
lATmLoD!ISCTiONAL CERIVATIVES
o MiGHT
— WIND TUNNSL
~008—
004}~
Sy
dog™
7 19 2 s s 10w L2

Figure 14

D g Ll S VP . N
oty ngane UL B PRI U YPE NN S TR O

TN VORI U P S



T XMa~0205

8. COMMENTS ON WIND-TUNNEIL—FLIGHT CORRELATIONS
FOR THE F-8 SUPERCRITICAL WING CONFIGURATION* @1
| k

By Richard T, Whitcomb
Langley Research Center

INTRODUCTION

As the results presented in the previous papers have indicated, the flight programs
to this point have demonutrated the essential practicality of tke supercritical wing con-
-cept and, generally, hare shown good agreement hetween the wind-tunnel and ilight
results over the flight envelope. However, several obvious differences hetweer the

flight and wind-tunnel pitching momen:, drag polars, drag rise, and preesure distribu-

tion results for the F-8 program require some further analysis and discussion, The
primary differences can probdably be attributed to Reynolds number effects and wind-
tunnel-wall interference, The wall intcrference particularly influeaces the transonic
drag rise,

EFFECT OF REYNOLDS NUMBER

For this brief discussion of Reynolds number efiect a figure from pagper 6 for a
Mach number of 0, 90 is repeated as figure 1. A3 noted previously, the loadings on the
aft regions of the sections are greater in flight than in the wind tunnel, The aileron
deflection of 1, 8° in flight contributes to thesz differences in the region of the aileron,
However, analysis of more recent flight data for various aileron angles indicates that
the effect of an aileron deflection of this magnitude is secondary, Apparently, the
effective aft camber is greater in flight than ip the wird tunnel.” This effect may cause,
at least in part, the more negative pitching moments at this Mach number noted in
paper 8 and the relative rotation of the drag polars shown in paper 5. This difference
in camber may be associai:d with the influence of Reynolds number on the strong
boundary-layer effects for supercritical airfoils discigsed in paper 1. As noted in
papers 3 aad 6, the techaique used during the wind-tunne! tests to attempt to simulate
futl-scale Reynolds numbers was nct practical for lcwer speed conditions such as thoge
of the presant case, The wing-wake surveys planned for che wind-tunnel rzodel and the
airplane in flight should heip greatly in clarifying the Reynolds number effec:, )

EFFECT OF TUNNEL WALL ON DRAG RISE NEAR MACH 1.0

To more clearly define the drag rise, the drag results presented in paper 5 were
*Title, Unclassified,
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reduced to incremental form by subtracting the drag coefficients measured at a Mach -
sumber of 0, 90 and ars shown with a siymificantly expanded scale in figure 2, To
eliminate the effect of the tail angle in the comparison, the wind-tunnel results pre-
gented are for the same tail angles as those required for trim in flight. As noted in !
paper 5, at Mach numbers near 1,0 the drag rise for the 1/11, 5-scale model in the
Langley 8-foot tunnel is less than that for the airplane, A smaller 1/16-scale model :
in tke 8-foot tunnel has a drsg rise at these speeds similar to that for the larger model, !
Results obtained at the Arnold Engineering Development Center (AEDC), the Boeing Co., |
and the Langley Research Center strongly suggest that this variation is due primarily
to the strong effects of the wind-tunnel wall on the extensive supecsonic flow field

. produced by the displacement of the total airplane model at these speeds. Some
Langley results (ref. 1) are shown in figure 3. A supercritical body of revolution of a
fineness ratio of approximately 9 has been tested in the 8~foot tunnel and the 16-foot
tunnel and free-dropped. This fineness ratio is greater than that for the F-8 airplane,
As for the F-8 data, the results have been reduced to an incremental form. In this
instance the drag coefficients are based on the body frontal area, Differences in drag
for Mach numbera approaching 1.0, similar to those for the F-8 airplane, may be noted,
with the dreg increments for the two model-to-tunnel sizes being approximately equal
but significrntly lower than for the fiight test. However, for the F-8 configuration the
diferencas between wind-tunnel and flight occur at gomewhat lower Mach numbers than
for the ideal body of revolution because of the lower fineness ratio and nonoptimum
area distribution, as described in paper 3.

e cgpa—ttha s o e s i A 0
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The severity cf this wall interference precblem is illustrated by results from tests
of a group of finless beuies of different ratios of model to wind-tunnel cross-sectional
area in the 8-foot and 16-foot tunnels (fig. 4). For the range of model sizes usually
uged for high subsonic speed wird-tunnel tests, such as for the configuration of fig-
ures 2 and 3, the drag increment at M = 0.99 is approximately constant at a level sub-
stantially less than the {ree-drop value, noted by the level at zero body size. The drag-
rise increment for the tunnel results does not reach that for the drop test until the ratio
of body cross-sectional area to tunnel area is made very small, The smallest ratio
shown i3 for a 6, 3-centimeter (2, 5-inch) diameter body in the 16-foot tunnel, Figure 4
also illustrates the abruptness of the onset of the problem, At a slightly lower Mach
number of ¢, 98, the small drag increment is approximately the same over a range of
the smaller body sizes.
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ANALYSIS OF TUNNEL WALL EFFECT NEAR MACH 1.0

Pressure distributions for the bodies of the previous figure indicate the source of
this drag difference near M= 1.0 (fiz. 5). The pressuras along the aft parts of the
larger bodies are more pesitive than thosge on the smallast bodies, As with other mixed-
fiow problems, a complete explana‘ion of this effect is involved, However, some expia-~ '
pation is in order. At these speeds, the induced supersonic field of the body grows
rapidly, When this field approacher: the wall, the relieving flow through the slots retards:
its growth and the supersonic field is less extensive than in free air, The effect is £
roughly similar to reduction in effective Mach number. It is interesting to note that the
pressure distribution for the rear portion of the largest body is similar to that on the
smallest body at a lower Mach number, !
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For an airplane with lift and a nonoptimum area distribution such as the F-8 super-
critieal wing airplane the problem i{s more complex, Presented in figure 6 is a com-
parison of the fuselage pressure distribution for the F-8 airplane at a Mach number of
0, 99 and a lift coefficient of 0,23, As for the bodies of revolution, the pressures over
the rear portion of the fuselage are more positive for a larger ratio of model-to-turnel
size. The wall effect also influences the wing pressures, as indicated in figure 7. The
wing pressures obtained in the 8~foot and 16-foot tunnels for the same conditicn as for
e previous figure are shown, The pressures on the aft poctions of the inboard region
and the entire chords of the outboard region are more positive in the 8-foot tunnel than
in the 16-foot tunnel. The wind-tunnel flight comparisons presented in paper 6 for a
Mach number of 0, 99 but at a somewhat higher lift coefficient indicate roughly similar
differences (fig. 8). However, the wind-tunnel resuits of figure 7 indicate similar
trailing-edge pressure recoveries for the two tunnels, whereas the recoveries for the
flight tests are significantly worse than for the 8-foot tunnel at this Mach number
(fig. 8). These latter differences were described in detail in paper 6, This situation
is probably due to the subetantially greater magnitudes and more rearward locatioas
of the second-velocity peaks ir flight than in either of the wind-tunnel tests. Obviously,
for flight the bourdary layer must move through larger, steeper pressure gradients
near the trailing edge, resulting in a greater tendency toward separation. These ex-
cessive second-velocity peaxs for the flight data at this Mach number are not due pri-
marily to a difference in efiective Reynolds number, as for M = 0.90, but to the fact
that the model was "tuned” in the wrong eavironment because of the wind-tunnel-wall
effect. The results indicate that the aft camber is excessive for the most effective
operation at cruise for full-scals flight conditions.

DRAG CREEP

The effect of the tunnel wall on the drag at lower Mach numbers must also be con-
sidered, As indicated in figure 2, the drag creep for the 1/11, §-scale F-2 super- :
critical wing airplane model in the 8-foot tunnel is greater than in flight. Also, the body
of revolution in the 8-foot tunnel experiences a drag creep not indicated for the body in
free drop (fig. 3). Comparison of the wind-tunnel and flight results for the F-8 airplane
indicates that the difference i{s caused by variations of the pressure on the aft porticn of
the fuselage, These differences in drag creep are asscciated with classical subsonic
wind-tunnel blockage, which increases very rapidly as Mach number is increased

toward L.0. The results shown in figures 2 and 3 indicate that, in contrast to the severe

wall problem for Mach numbers near 1, 0, this blockage effect is essentially eliminated
by moderate reductions of model size, The 1/16-scale model of the F-8 afzplane in the
8-foot tunnel has about the same creep as the flight vehicle, and the creep for the body
of revolution in the 16-foot tunnel is8 similar to that for the drop body.

Wind-tunnel experiments at AEDC, Boeing, and Langley have indicated that the wal:
effect near M = 1.0 can be substantially reduced by reducing the porosity of the tunnel
walls, Experiments in the 8-foot tunnel {ndicate that the creep can be esgentially elimi-
nated for large modsls by increasing turnel porosity to the relatively large value which
theoretically produces zero subsonic blockage, which leads to a dilemma: 3lots must
be wide for one speed range and narrow for another. Extensive experiments in the
8-foot tunnel have not yielded a simple solution, Variable porosity will probably be

required,
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APPLICATION OF WING TO A TRANSPORT CONFIGURATION

The wall effect for tk2 F-8 configuration at near-sonic speeds is confused at present

by the fairly complex shock field of the nonoptimum longitudinal cross-sectional area
distribution, Such a distribution is not representative of an actual transport airplane
design, because any configuration designed for this speed range would undoubtedly have
& more nearly optimum area distribution., To make the area distribution for the F-8
airplane configuration more representative, side fairings will be added to the fuselage,
The efiect of these side fairings on the area distribution of the F-8 airplane is shown
in figure 9. The added area provides the phyaical cross--gectional area shown by the
sbort-dashed line, In the region of the wing, the area arded is less than that required
to achieve the area distributioa for an ideal supercritical body of revolution. The
difference in area allows for the nonlinear expansion of the supersoni. stream tubes
above the upper surface of the wing, With the fuselage additions, the shock strengths
and drag at Mach numbers near 1, 0 are substantiaily reduced, However, it should be
noted that ideatlly the additional physical indentation required to compensate for this
effect should be concentrated on top of the fuselage rather than on the sides, as will be
done for the F-6 airplane because of the high location of the wing.

Even with the addition of the side fairings, the dragz rise for the flight configuration
will probably be greater than that required for efficient cruise at Mach numbers above
approximately 0,97, For a transport configuration with a higher fineness ratio and a
more refined area-rule application than thet used for the F-f airplene, this Hmiting
value probably would be about 0, 98 in flight., This fact, together with the problems
associated with wind-tunnel testing near a Mach number of 1.0, as just discussed,
suggests that the design of the wing for the F-8 airplane was overly ambiticus. The
wing should have been designed for a Mach number of 0, 98 rather than for near 1,0, as
indicated in paper 3, An analysis of the wing pressure distributions measured in the
wind tunnel and flight suggests that a wing designed for this lower Mach number, used
in conjunction with an optimumly area-ruled fuselage, would have about 2°* less sweep °
than that of the wing now on the F-8 airplane,

CONCLUDING REMARKS

The preceding discussion has indicated that wind-tunne!-wall interference results
in lower drag in the tunnel thaa in flight at Mach numbers near 1. 0 but causes a greater
drag creep at lower Mach numbers; the ait camber of the supercritical wing now on the
F-¢ airplane is exceussive for most efficient cruise in full-scale, free-air flight; and
with our present knowliedge and wind-tunnel equipment it appears impractical tc attempt
to develop a transport airplane with an efficient cruise Mach number higher than 0, 98,
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SYMBOLS

cross-gection1l area, m? (ft2)
drag coefficient
lift coefficient

normal-force coefficient for wing panel outhoard of first row
of pressure orifices :

preasure coefficient
local streamwise chord of basic wing panel, cm (in, )

horizontal-tail incidence relative to fuselage reference line, deg
Mach rumber

chordwise distance rearward of leading edge along the chord, -
em (in, ) | |

increment

aileron deflection, deg
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10, SUMMARY AND FUTURE PLANS*

By Joseph Weil
Flight Research Center

and Richard C. Dingeldein
Langley Research Center

INTRODUCTION

In this final paper I will try to surimarize wherewe have been and where we think
we may be going in supercritical wing proof-of-concept flight testing,

Let us reexamine the objectives of the F-8 supercritical wing flight program.
When the program was conceived in 1968, hopes were high that the promising charac-
eristics indicated from wind-tunnel results would also be achieved at higher Reynolds
aumbers in flight, But there were 3ome who feit that the gains might be as elusive
and sensitive to the flight snvironment and practical airplane construction tolerances
as the dragz bucket predicted for low-drag airfoils in low-turbulence wind tunnels
30 years ago, We were particularly concerned about the difficulty of obtaining accu-
rate wind-tunnel and flight correlatiuns because the region of greatest interest is
close to Mach 1. At and near Mach 1 the wind-tunnel results are subject to maximum
uncertainties, and obtaining accurate flight data in this speed range can also be diffi-
cult,

Specifically, we were intercsted in determining gross indicators of design achieve-

ment, such a3 the transonic drag-rise Mach number, buffet, and stability and control
characteristics. In the last category we wondered whether any unexpected and per-
haps violent flight bekavior might be triggered by flow separation at transonic speeds,
-especialiy in regard to operating margins relative to transports. As another objec-
tive, and to supplemeut this information, we planned to obtain datailed chordwise
pressure distributions at six spanwise locations and to perform limited boundary-
layer and wake surveys. Of course, in all the objectives a primary concern was the
ability to predict flight behavior from wind-tunnel data. Also, we were anxious to
determine the sensitivity of the flight results to aileron deflection, wing-surface
roughness, and waviness, How did the attained pericrmance deviate with departure .
from the wing profile design cond:tion of a lift coefficient of 0. 40 at Mach 0. 95?

*Title, Unclassified.
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‘ SUMMARY OF F-8 SUPERCRITICAL WING RESULTS

The key F-8 supercritical wing results discussed in the earlier papers may be
summarized as follows: I feel the overall performance goals of Richard T, Whitcomb,
as demonstrated by delayed drag-rise Mach number and a relatively high lift coeffi-
cient for the onset of significant separation, have been achieved,

Figure 1 compares wind-tunnel and flight drag data at a lift coefficient of 0. 40,
Differences in flight and wind-tunnel fuselage base and boattail pressures and horizoatal-
tail deflection have been accounted for, so that any dissimilarity in the data shown
should be associated with effects on the wing., Two points are worthy of mention,

First, the drag-rise Mach number for both wind-tunnel and flight data is approximately
the same (0.96). Sccond, the drag obtained in the Langley 8-foot tunnel at Mach 1
is significantly lower than the drag obtained in flight, The more gradual drag rise

in the 8-foot tunnel data was shown in paper. 9 to be primarily the result of tunnel
wall interference,

Figure 2 shows the flight-derived buffet-onset boundary in terms of airplane
normal-force coefficient and Mach number. There is no significant decrease of the
CNA for buffet onset at transonic speed, and, actually, at the design Mach number

of 0, 99, the CNA for buffet onset increases with Mach number, Up to Mach numbers

slightly in excess of 0, 90 it would ‘appear that means are available to adequately corre-
late flight buffet onset with wind-tunnel indicators, Near design Mach number a

reliable method for predicting buffet onset is lacking, and additional effort is required
to improve existing techniques,

There have been some discrepancies in pressure distributions determined in
wind-tunnel tests and in flight, which may suggest slight modifications to design
techniques when the reasons for these differences are better understood, although
here again the overall agreement is believed to be fairly good. Figure 3 compares
flight and wind-tunnel pressure distribution near the design Cy, condition at Mach 0. 99,

It was at this condition that the maximum attempt was made at model scaling of outboard-
wing-panel boundary-layer conditions, and total wing twist was comparable, In general,
the flight and wind-tunnel pressure distributions agree fairly well, although the shock

location was farther aft and trailing-edge pressure recovery was not as good in flight
as in the tunnel,

Even though there have been some differences in predicted and flight-determined
stability ard control derivatives, the handling qualities were estimated quite well and
there have been no unexpected or violent flight control incidents,

Although not a stated objective of the program, the F-8 supercritical wing investi-

gation has enabled us to contribute to the important area of wind-tunnel test techniques
near Mach 1. .
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FUTURE PLANS FOR F-8 SUPERCRITICAL WING PROGRAM

Where does the F-8 program go from here? Although we feel we have presented
a meaningful progress report, much cata are already in hand that will require
+ additional analysis. This should enable us to better separate some of the variables
that are now {ll-defined and hence were not discussed, .

The additional tasks remaining in the current flight test program include making
boundary-layer and wake measurements, determining the effect of wing-surface
variables, and evaluating the Mach 1 fairings, :

The locations of the boundary-layer rake and swinging probe for the wake surveys
~ are shown in figure 4, Upper-surface boundary-layer data will be obtained with a
12, 7-centimeter (5-inch) rake at the two spanwise locations shown, Somewhat more
extensive wake surveys will be possible at the same spanwise locations with the
rotating pitot probe. These surveys, which may help explain some of the differences
between predicted and flight results, are the next scheduled objectives for the flight
program. Later this year we plan to increase the number of high-response pressure
orifices, as shown in figure 4, to obtain more information on the mechanism of the
shock—turbulent-houndary-layer interaction and its contribution to the separation
phenomernon, which, in turn, wiil contribute to the develorment of predictive techniques
for mixed ficws,

One of the original objectives that has not yet been achieved is the determination
of the sensitivity of the supercritical wing pressure distribution to various types of
roughness and simulated production imperfections. Figure 5 {llustrates the scope of
projected tests, The upper surface of the outboard wing region, shown crosshatched,
would be modified so that the effects of such surface varizbles as spanwise gaps, aft-
facing steps, waviness, and simulated screw or rivet heads couid be examined,
Another possibility involves removing the sealing devices now at the aileron hinge,

Early this summer the Mach 1 fairings shown in figure 6 will be instalied. The
main purpose of these fairings is to produce a weaker shock pattern near Mach 1,
It will be interesting to see whether this w.il provide a better correlation between
8-foot wind-tunnel data and flight results in this Mach range,

Also being considered is a modification to the trailing edge of the present wing to
reduce the magnitude of the second pressure peak and thus possibly produce results
.~ closer to the lower Reynolds number wind-tunnel data,

It is fairly well known that the Langley Research Center is sponsoring a aumber of
. Systems studies to determine the role that advanced techrology might play in providing
- - more efficient iong-haul transport aircraft which can cruise at very high subsonic
Mach numbers. These studies, aithough not yet complete, have indicated some promising
areas which might provide the basis for additional flight demonstrations. Because of
the economies that can be achieved by using the F-8 test-bed, a new supercritical wing
for this vehicle incorporating more representative advanced transport features is being
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studied. Some of the design considerations for the wing are compogite structures,
bigh-lift devices, and active controls.

The use of composite structures would make it possible to improve sirength and
stiffness at reduced weights by choosing the location and direction of loac.-carrying
fibers so that they are most effective. Studies indicate that a much lighter wing of
given geometry—perhaps up to 25 percent lighter than possible with conventional metal

" construction methods—can be fabricated by using composite materials, Morsover, for

a given wing-swe:p angle, area, and thickness distribution, this weight-saving couid be
traded to achieve a higher-aspect-ratio composite wing than could be canstructed from
metal alone for the same weight, It may become practical to obtain the benefits of high
aspect ratio—as high as 9—for transport aircraft, Figure 7 illustrates how an aspect-
ratio~-9 wing would look on the F~8 test-bed. With this configuration for an advanced
transport, large gains in cruise efficiencies would be expected to translate directly into
airline profits, Use of composites for major portions of the wing structure as well as
high-lift devices and contrnl surfaces is, therefore, an important dcsign consideration.
This flight application and the resulting structural and aerodynamic evaluation could
provide data that are not available elsewhere, Benefits ‘rom improved surface smcoth-
ness and contour control are also expected, but the relatively few flight hours for the

experimental airplane would not sllow assessment of scrvice life of composite structures,

Inasmuch as the present F-8 supercritical wing program has increased our confi-
dencs in pradicting the aerocdynamic characteristics of an almost ideal wing at transonic
speeds, a follow-on program would not be complete without prorer attention to low-
speed characteristics. Any new wing wi!l be designed to incorporate advanced high-list
devices. Thus the program will provide means of evaluat:ag al the factors that must
be considered for transport operation from takeoff to landing, The improvements in
low-gpeed perfarmance, as well as the effects of retracted high-lift devices on cruise
drag, will be an important part of this program,

One of the most questionable areas resulting from tailored structural characteristics
using composites is in aeroelasticity., Such prcblems as flutter and response to turbu-

lence may adversely affect the safety or service life of the aircraft. However, numerous

studies have shown that many of thcse dynamics problems can be alleviated through the
use of active control systems, Although these active control systems offer promise in
suppressing gust loads and flutter and impreving ride qualities and maneuver loads, this
area represents the design consideration least capable of definition at this time,

A broad, NASA-wide research activity in this area i3 being formulated, Although
it is too early to be specific, the possible application of active controls to a new F-8
wing could provide early flight validations of such advaaced ccncepts, Hydraulically
actuated spoilers would be a candidate control for wing-load aileviaiion, a single-
slotted flaperon for lcad alleviation and gust suppression, and an outboard-tip flaperon
for flutter suppression, In addition, these devices could be used to produce variable
camber and twist to provide bettsr wing geometry for off-design performance improve-
ment,

The cost effectiveness of several alternate approaches to a new experimental air-
plane is being studied.
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TRANSONIC AIRCRAFT TECHNOLOGY PROGRAM
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The work that has been accomplished and is planned on the T-2C and F-8 airplanes
to provide basic supercritical wing technology will be augmented by a program that
was approved about a year ago—the Transonic Aircruit Technology or TACT program,
This progzram will provide additional proof of concept in supercritical wing technology
using an F-111A variable-sweep tactical aircraft as the test-bed. The wing will have
much more representative elastic charccteristics than provided by the boilerplate

F-8 construction and will seek higher angle-cf-attack maneuvering performance opti-
mization,

The results of this joint NASA/USAF program should have direct application to
future high-performance combat aircraft. Figure 8 is a coinperison of the basic
F-111A 2nd the TACT F-111 airplanes. The TACT concept development was a joint
endeavor of General Dynamics and Richard T, Whitcomb, The TACT wing panel is of
lower aspect ratio, less t2pared, and of lower maximum sweep than the basic F-111
wing. Some of these changes in geometry were dictated by a design objective of
optimizing the cruise and manzuvering performance in the 0. 85 to 0, 90 Mach range
for the intermediate sweep coniigurations, The TACT F-111 airplane has a single-
slotted flap rather than the double-glotted flap of the conventional F-111A airplane,
Tte flap system on the supercritical wing does not yield a maximum lift coefficient as

high as that of the basic I~111 airplane but was selected on the basis of simplicity and
minimum cost,

Some of the detziled program objectives are as follows:

To demonstrate transonic maneuverability by -
Evaluating buffet onset and intensity
Ascerteining energy-maneuverability capability
Assessing overall handling qualities from gunsight tracking

To determine overall performance and handling qualities such as -
Drag-rise Mach number, drag polars
Effects of wing sweep and external stores
Low-speed handling qualities with high-lift devices

To define local aerodynamics through -
Pressure distribution studies of the effects of wing sweep and

external stores and the effects of flaps, spoilers, and leading-
edge flaps : _

To determine wake drag

We are particularly anxious to evaluate the potential of the supercritical wing for
raising the buffet-onset lift coefficient and reducing its intensity, together with the

expected reduction in drag at elevated g, which is so important for a highly maneuver-
able aircraft,

In overzll performance and handling we are interestéd in determining tke sensitivity
of the supercritical wing characteristics to small changes in swr.2p, Will the superscnic
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Pperformance at maximum sweep be penalized by the presence of the supercritical air-
foil? Much more emphasis will be placed on determining the performance and low-speed
handling qualities with high-lift devices than in the F-8 program.

In the study of local aerodynamics, systematic pressure distributions will be cb-
tained to help us vnderstand effects of wing sweep, external stores, and high-lift devices
and to obtain data for design loads, i

In all thege areas flight results will be carefully correlated with wind-tunnel data,

. The management, technical direction, funding, and contract monitoring of the TACT
program is the responsibility of the Air Force Flight Dynamics Laboratory, As men- )
tioned previously, much of the conceptual testing and development of the design was i
done in the 8-foot tunnel at the Langley Research Center. Most of the final detailed
wind-tunnel work is being done at the Ames Research Center.,

o e 4
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General Dynamics has the role of designing, fabricating, and installing the new
wing on an F-111 fuselage, They will also support the entire program, fnclucing the '
flight test phase as needed,

The Flight Research Center is responsible for flight test instrumentation and daia
recduction and the conduct of the flight test prograrm, This latte: effort will be a joint
endeavor with the Air Force Flight Test Center, which will actively partu:ipate with test
pilots, flight planning, and data analyses.

The time schedule for the F-111 program is shown in ﬁgur 9, Program appmval
was obtained in February 1971, Final wind-tunnel testing and wing design and fabrica-
tion will be completed by next fall, The F-111A airplane that will ultimately accept
the new wing is being instrumented at the Flight Research Center to enable some addi-
tionzl performance and maneuverability baseline data to be obtained starting in late 4
spring, These tests will end in October when the airplane is scheduled to be sent to :
Fort Worth, Texas, for the mating of the new wing and other preflight activities, The :
actual ﬂight test program is scheduled to start in May 1973, and these tests and analyses
will continue at least through calendar 1974,

CONCLUDING REMARKS

Significant strides have been made as a result of the simple, minimum-cost T-2C
and F-8 supercritical wing programs in bringing the supercritica! wing from a prom-
ising wind-tunnel development to the point where the designer can have greater confi-
dence based on flight-proved technology. The T-2C program has shown that almost a ;
S0-percent increase in airfoil thickness is possitle with no reduction in drag-rise Mach :
number. The F-8 program has demonstrated that drzg-rise Mach numbers near 1 are c—
attainable for subsonuic traasport wings, Data for the T-2C airplane, which is closer b
to a two-dimensicnal configuration than the F-8 airplane, have shown a somewhat better
overall correlation with wind-tunnel predictions. Although not quite as close correla-
tion was obtained with the F-8 data, for the most part the correlations were good, con-
sidering the much more complicated three-dimensional flow problem associated with
the highly swept wing and the difficult problem of obtaining reliable data near Mach 1
in either a wind-tinel or flight environment. We plan to extend the scope of the F-8
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: - program in the coming months, as described earlier, Data to be obtaired in the F-111
i supercritical wing program will add a new dimension with the application of supercritical
wing technology to a tactical variable-sweep airplane.

Finally, lest we leave the impression that we are overly smug and complacent, {
would like to say that the F-8 program has shown several areas where predictive tech-
njques need substantial improvement. Also, this program has reaffirmed the require-
ment for developing improved test techniques near Mach 1, It is hoped that the current
¢ and projected supercritical wing tests will serve as a catalyst to achieve some of these

z goals,

- SYMBOLS
b wing span, m (ft)
- Cp drag coeificient
B CL . lift coefficient
CNy airplane normal-force ccefficient
Cy winz-panel normal-force coefiicient,
: wp
: 1
! [ ‘n Cay \b
: 0, 133
: c pP- p“
g p pressure coefficient, 3
.c . local streamwise chord of basic wing panel, e ‘in,)
: Cav average chord of wing panel, cm (in.)
. cn section normal-force coefficient,
Trailing
edge
_ / (CP.Z - Cpu)d(x/c)
. Leading
edge
i M Mach number
Mpr drag-rise Mach number
P _ local static pressure, N/m2 (Ib/ft2)
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L 225 =
free-stréam static pressure, N/m?2 (lb/ﬂz)
free-stream dynamic pressure, N/m? (Ib/ft2)
chordwise distance rearward of leading edge, cm (in, )

distance perpendicular to the airplane centerline, cm (in,)

wing lower surface

wing upper surface
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