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SECTION 1

INTRODUCTION AND SUMMARY

Electric propulsion (EP) mission studies'ére usually conducted on
the basis that thruster characteristics are glven. The objective is to
define the best mission using these characteristics. Over the past
decade, the 30-cm electron bombardment thruster using mercury propellant
has been the primary candidate for EP mission studies. The bulk of near-
term mission possibilitigs could be accomplished relatively well with the
30-em thruster,1™17 ' |

Within the last few years, several new high energy mission possibil-
ities have been suggested. These include transpcrtation of large space
systems from low Earth orbit (LEO) to' geosynchionous Earth orbié {GE0),
stationkeeping and atritude control of large space systems,le"zz and.
planetary sample returns.23 For these missions, the 30-cm thruster
operating at baseline conditions (i.e., 3,000-gsec gpecific impuylse
(Isp)’ 3 kW into the power processor) may not result in optimum mission
performance. Considerations such as propellant type, nuwber of modules,
power level, and ISp suggest that a different thruster operating point
would benefit several missicns.

This study of advanced electrostatic jon thrusters for space propul-
sion was initiated to determine the suitability of the baseline 30-cm
thruster for future missions and to ldentify other thruster concepts

that would better satisfy mission requirements. In developing advanced

thruster concepts, scaling and performance assumptions must include
technological realities. Thus, the general scope of the study was to

review mission requir.ionts, select thruster designs to meet these

requirements, assess the associated thruster technology requirements,
{ and recommend short- and long-term technology direcrions that would
7 support future thruster needs. Preliminary design concepts for several

advanced thrusters were developed to assess the potential practical

difficulties of a new design.

o




A.  DBJECTIVES

The overall objective of this program was tu develop recommendations
for future ion thruster technology directions. Three specific objectives
guided the study: (1) identification of the probable useful mission
range of the existing 30-cm thruster, (2) investigation of methods and
benefits of expanding the 30-cm thruster mission capabilities, and (3)
investigation of methods and benefits of developing new thruster concepts
(e.g., another gize thruster) for those missions for which the 30-cm
thruster is not well suited.

To carry out the investigation implied by these guiding objectives,
several detailed objectives were established, Including (1) selection
and analysis of a representative set of potential ion propulsion missions,
(2) assessment of mission performance as a function of thruster capabil-
ity, (3) assessment of thruster technology boundaries, (4) identifica-
tion of thruster or system parameters that strongly influence mission
design, and (5) development of a cost modeling technique to investigate
the relationship between thruster parameters and overall mission cost.
Relative to the last objective, only Earth orbit missions were considered,
although, with minor modification, planetary missions could also be
accommodated by the computer model.

B. STUDY PLAN

The study plan follows rather directly from the stated objectives.
However, at the beginning of the study, the "working level” objectives
had not yet been so clearly defined; they were, in fact, partially devel-
oped during the study. The thruster technology assessment task was
clear from the start. Mission set selection was réasonably clear but
of rather broad scope. Since the analysis of the missions was deperdent
on the miseion set selecteu, the exact analytical approach was initially
difficult to define. Simiiar to the mission analysis task, the process
of defining important parameters was not straightforward because of the
wide range of mission possibilities and mission objectives. The cost
modeling task was developed during the study as the result of attempts
to develop a generalized approach to Earth orbit missions. A logic

2
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diagram of the various study tasks aud their interrelationships is
shown in Figure l-1; included in tha'diagram are the numbered tasks
called for under the contract. Although the contract Faaka ‘jare not
necessarily performed in the sequence originally planned,»all contract
objectives were satisfied. a ' a

After a period that included data collection, selection of a pre;
liminary mission set, analysis of several missions, and the start of the
tedhnology asseasments, two significant study approaches became. apparent.
The first, a generalized mission analysis approach, allowed a wide
variety of available mission results to be displayed in a common format
and provided a straightforward method for evaluating the sensitivity
of "mission performance” to thruster characteristics, With the adoption
of this technique, the mission set final selectlon process was greatly
simplified since many missions could be handled easily and the problem
of arbitrafily selécting or eliminating missions was essentislly elim-
inated. The output of the generalized mission analysis approach is an
estimate of the degree to which a given thruster technology could support
the selected mission.

The second approach that provided significant direction to the

study evolved from an Earth orbit mission cost model technique. A com=

- puter program was developed to include cost models, mass models, thrust

system performance models, and approximate relations for mission per-
furmance (i.e., "rocket equation"). For a given set of mission param-
eters (e.g., velocity requirement (AV),vehicle total masa, flight time),
costs are computed as a function of specific impulase. This cost model
approach provides a simple method fr~r evaluating the relative sensitivity
of total mission cost to a large number of thruster and syatem‘barametera
(=100). Most efforts during the last half of the study concentrated on
the development and use of the cost model program.

As Figure 1-1 indicates, both the generalized analysis and the cost
model approaches were supported by the technology assessment task. .
Performance scaling relations, physical scaling experience, and operat-
ing limits {e.g., perveance, thermal) were incorporated into the
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analytical approaches and into advanced thruster design concepts.
Several design concepts for thrusters with larger beam areas were pre-
pared and analyzed in terms of technology advancement requirements,

C.  MISSION SET SELECTION AND ANALYSIS

Initial efforts under the study were directed toward Preparing a
mission set to be used as the basis for the remainder of the work. The
selection process, described in detail in Section 2, resulted in the
following set of migsions:

Earth orbit transportation
Earth orbit stetionkeeping
Earth observatory

Outer planets (composite of seven missiong)
Solar system escape

Mercury orbiter

Close solar probe

Comet Encke rendezvous/flyby
Comet Halley rendezvous/flyby
Asteroid rendezvous

Asteroid sample return

Mars sample return
Out-of-ecliptic.

¢ e IOOGOOGESIPOGOEIEOGSETS

A generalized analytical approach was developed to assess the
capabilities of several levels of thruster technology to perform these
wigsions. The analytical approach utilizes mission trajectory calcula-
tion results obtained from the literature and from work done under this
contract. For each mission, characteristics such as AV, initial accel-
eration (Ab)‘ initial mass, and payload mass were determined. These
characteristics and an analytical formulation based on the rocket equation
were then used to develop sets of curves in a AV v Ao coordinate system
using payload mass fraction (MF, payload mass divided by vehicle initial
mass) as a parameter. Part of the analytical formulation required models
of thrust system performance and masg. Thruster and thrust gystem
technology enter the analysis through these models. An example of the
AV va Ao curve set format is shown in Figure 1-2.

By entering a given curve set (i.e., a set baséd on a given tech-
nology) with migsion data for AV and Ao’ the payload marss fraction required
to perform a specific mission (MFR) can be compared with the mass fraction

5
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!& capability of the assumed technology. The required mass fraction is
imposed on the curve map as indicated. Thus, 1f the AV vs Ab coordinate
iE point occurs at a mass fraction higher than that required, the mission
" can be accomplished with the assumed technology. If the point falls at

a lower mass fraction, the assumed technology level is not adequate.

Since this approach involves several approximations, the conclusions

are not necessarily quantitatively accurate. When the results show a

definite capability margin or a definite inability to perform the
mission, a relatively firm conclusion is possible. However, when the

results are close, slight variations in assumptions could change the
conclusion. Such precise interpretation of the results is not warranted.

Analysis detalls and results are presented in Section 3.

D. EARTH ORBIT COST MODELING

The generalized analysis approach provides a relatively simple
wethod of gauging the ability of a given technology to perform a mission.
However, several technologies potentially could satisfy the mission
téchuical requirements and remain within the boundaries of technology
projections. The selection of one technology direction over another
will certainly involve cost (technology development cost and recurring
mission cost).

Although this study does not attempt to predict technology develop-
ment cost, significant effort was devoted to modeling the relationship
of "transportation" cost‘to numercus technology-related thruster and
system parameters. Since this study was primarily directed toward ion
thruster technology, the scope of the cost modeling was limited to the
propulsion function of a given mission.

The cost model work was applied to several earth orbit missions.
Earth orbit misslons were selected because of the future potential of
electric propulsion in the transportation and on-orbit support of large
space syatems. Selection of a propulsion system type (i.e., electric
or chemical) will probably be strongly influenced by total system cost.
Therefore, this cost model work was directed toward determining thoae

I
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'factnrs that significantly affEct aystem.coat and toward determining the
a"*senaitivity of system cost to variationa in thruater, ayatem, and miasion

parameters. - B RN

- The cost modéIing-aﬁalyaia-appioach ié’iilﬁatrated qualitatively
in Figure 1-3. The objective of the calculations is to obtain total.
propulaion cost (transportation or on~orbit) as a function of: various
parametera. With total cost and various mass breakdowna, cost per unit
of payload mass (ttanaportation) or cost per unit of net satellite mass
per year'(on-orbit ‘stationkeeping and- a:titude rontrol) are program out—

'puta. A convenient format - for‘displaying the results . is shiowm in
- Figure l-4. Bpecific cost ($/kg of payload) 15 plntted as a function of

specific 1mpulae (I ), with module power as a parameter. The number of
modules needed to perform & given mission varies with I sp and module

power. Details of the analysis method and ‘extensive reaulﬁs3araipre-”
sented in Section 4.

E.  SUMMARY OF CONCLUSIONS

Thie study produced usefyl general methodologies for assessing both
Planetary and Earth orbit missions. For planetary missions, the asgess-
ment is in terms of Payload performance as a function of propulsion
system technology level., For Earth orbit missions, the assessment is
made on the basis of cost (cost sensitivity to propulsion system tech~
nology level). '

The selection of the 30-cm thruster for near-term miaaions (for
power levels below 100 kW) was reinforced by this work. Except for high-
power missions or those requiring a propellant other than mercury, the.
30-cm engineering-model thruster EMT) 1s a good choice. HowéVef;rfdr _
systems larger than about 100 kW (Earth orbit or planetaty), a larger

thruster size would be advantageous in terms of cost: and payload

performance,

Based on the mission studiea, coat modaling, and technology assesa—_,Q;g:ij»

ments, .a 50-cm~diameter. thruster ig: suggeated aa the next: step 1n
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Figure 1-3, Earth orbit mission cost modeling, simplified
block diagram.
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Figure 1-4., Example of cost modeling results.
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thruster technology development. By proper selection of propellants

and beam currents, a 50-cm thruster designed to operate with a beam
voltage of about 2400 V would satisfy most of the requirements of

future miasions. Thruster concepts, including an bval cross section,
were developed to illustrate design techniques for thrusters with larger

beam areas.
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SECTION 2

MISSION SET SELECTION

The goal of the mission set selection process was to establish a
representative set of 10 missions that would fairly reflect the range of
future electrostatic ion thruster requirements. These requirements pro-
vided diraction and motivation for future thruster technology develop-
ment. The general selection process followed is fllustrated in
Figure 2-1.

A.  CONTRACT GUIDELINES

Guidelines for selecting 6 of the 10 missions were provided in the
contract. Specifically, the mission set was to include:

® Transportation of large space systems from LEO to GEO

] Stationkeeping and attitude control of large space systems
in GEO

° A mission to less than 0.7 AU
® A solar system escape mission
° At least two missions between 0.7 and 5.0 AU.

These mission categories Indicated the desired scope of the study without
being overly restrictive. _

Tc aid in the mission selection process, NASA provided several
reports on previocus electric propulsion studias and a list of documents
to be considered in establishing the mission set. The document list
used is presented in Appendix A. This background information provided
results of trajectory calculations for various missions, system concepts,
and designs and the general sensitivities between thruster requirements
and mission objectives. Although a certair amcunt of mission/trajectory
analysis was anticipated, it was assumed that the bulk of the wuission
data needed in the study would be obtained from existing literature.

13
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Figure 2-1., Mission set selection process flow diagram.
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B.  MISSION CANDIDATES

The missions initially corsidered for selection are shown in
Table 2-1 and are characterized in terms of payioad mass raﬂge and AV
range. The relatively wide spread in the parameters of Table 2-1
reflects the flexibility of mission requirements, mission design, and
utilization of electric propulsion. Clearly, a specific migsion design
would require defining many cther factors. However, AV and paylaad'mass
tend to allow a first-order examination of propulsion system requigementa.

Candidate missions are sunmarized briefly here to provide a basis for
evaluation,

1. Transportation of Larpe Masses

The types of missions that could be considered in this category
include transportation of full Shuttle-size payloads, portions of large
Spece power generation satellites from LEO to GEO, transportation of
space stations, or recovery of large sateilites for repair or
diaposa1.18-23 Propulaion requirements might include single one-way-
trip-to-orbit, single round trips with refueling, or multiple round trips
with and without refueling. In some cases, power might be provided by the
payload, while in others (e.g., 8 return to LEO) the EP transportation
vehicle would require its cwn power source. EP is a prime candidate for
this category of missions and will probably benefit from advanced
technology.

2. Stationkeeping and Attitude Control of Large Systems

Massive and/or large-surface-area systems in Earth orbit will
experience large torques and disturbance forces.le-zl Correcting these
attitude and orbit perturbations could require a significant propulsion
capability on-orbit. The .'pecific mission of the satellite will dictate
the detailed requirements in terms of allowable eccentricity change or
peinting variations. -However, propulsion system hardware and propellant
for on-orbit operations represent a penalty to the satellite since this
material must be transported to and stored on orbit. In addition,

15




Table Z-1. Candidate Missions and Characteristics -

. Apptoximate  Payload
Mission | Av.2 km/sec Range, kg Commentg
Earth orbit _ : .
Transportation of 4-8 H‘L04f107__-
large magses - o ) ' B
Stationkeeping and 1-10 10%10” |
attitude control of ' S
~large systems. ; o
Multimission modular 0.1-4 - 103
spacecraft missions o S
Earth observatorv 46 ~_lﬁéj 
. Planetary _ core el L ey e TR
Out-of-ecliptic 20-50 SXLOg-AD;: SR
C]ose_solar-probe ' 10-15 10% Thermal
T s constraints
~ Solar system escape 4=5 103 Jupiter swingby
Mercury orbiter 10-20 10%-2x10° 'Thermal N
o ' oo constraints
Mercury lander . 10-20 10% Therméi _
T T o ‘constraints
Mercury samﬁle return 20-40 10° Tharmalkirr
) L . 1 constraints
Venus orbiter [1EP has little
_ advantage
Venits lander pover
. weo . :ballistic
Venus sample return mission
Mars sample return 15-20 3-5%10°
Jupiter orbiter 4=5 103—2::103
- Jupiter satellite orbiter.| 4-5 10%-2x10%
Saturn flyby 3-4 103

6119




Table 2-1. Candidate Missions and Characteristicy (Continued)

h)

T -
Approximate Payload
Mission AV, 8 kn/sec Range, kg Comments
Planetary (Continued)
Saturn orbiter I~4 103
Titan orbiter =4 103
Uranus flyby 4=5 103
Neptune flyby 4=5 103
Asteroid rendezvous 6~1: 5x102-103
Asteroid sample return 10=15 103—3x103
Comet Encke rendezvoug 10-15 5x102—103
Comet Halley flyby 20-60 52102103 Fayby velocity
dependent
Waste disposal 5=10 103--105 Nuclear, using
payload as
power source
aApplicab.’le to an electric propulsion system.

6119
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nulti-decade op~rating lives wilj probably aignificantly:gffect design

Philosophy, redundancy, angd net useful satellipe mass. EP -has charactqr-
istics that should minimize the on~orbit Propulsion penalties, Large

vehicles may require advanced thruster technology for cost-effective

operation,

3. Multimission Modular § acecraft
N

The nultimisgion modulaf Spacecraft (MMS) wily provide a basic
satellite bug that, with certain miasion-independent modules, hag the
potential for signifidantly reducing satellite development coata_.z4
Although Ep could he bgneficially applied as a module, the ptdpuléion :

- System requirementg can be adequately supplied by'exisfing 30;cn'qr

8-cm thrusters, Because of the relatively low AV requirements ang mass,

erystal dynamics, ocean dynamica. and atmospheric dynamics._ A satellite
of this type mighe also_inclnde "apace"-oriented lustruments, The orbit
would Probably bhe synchronous fop gtationary local.measurements; a '
Satellite capability for orbit position adjustment would Probably be
included, Thus, {1t ig likely thar such an observatory satellite, capa-

18
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6. Close Solar Probe

The close solar probe is a good EP mission candidate because of the
relatively high AV and thw effective reduction in propulsion system
specific mass resulting from increased solar i.nt::ans:lt:y.-i-11 Such a
satellite is expected to be relatively small, requiring a propulsion
power level in the range of 15 to 25 kW (1 AU). However, "advanced"

thruster requirements might result from thermal constraints.

7s Solar System Escape

The degree to which EP is needed for this mission depends on pay-
load mass. Using a Jupiter swing-by trajectory and relatively long
flight times, a reasonable payload could be transported ballistically.
Electric systems in the 15— to 25-kW range improve payload capability
and/or reduce flight time. However, since solar vower is drastically
reduced beyond 5 AU, larger EP systems probably would not be required

unless a nuclear power source was used.

8. Mercury Orbiter

This mission is similar to the close solar probe mission, with
somewhat relaxed thermal constraints.l’s’zg'—:’1 Typical payloads of a few
hundred kilograms will require propulsion power levels of 20 to 25 kW.
Thus, except for possible thruster thermal limitations, existing tech-

nology is probably adequate.

9. Mercury Lander

The payload (transported by an EP system) for a Mercury lander
mission probably would be about an order of magnitude greater than that
for an orbiter mission. An electric propulsion system power level of
100 to 150 kW would be needed to transport such a vehicle {(initial mass
noA X 104 kg). Existing 30-cm thruster technology could be applied to
such a large system, but it would probably be less effective than a

system using a higher power thruster.

19
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10. Mv\cury Sample Return ,‘ o el e

Thla mission woul need about two ordets of magnitude more payload
than an orbiter mission. Thus, the bP ayatem would be prope]llug a

'vehicie having an 11it1a1 mass in the range of 2 to 4.x 105 kg and would

require a nower level on the order of 103 kW. .Sucl.a lsyﬁsl:em,t which Is

in the range of "large space syatems" being cunsideted under Mlsslun A,
would probably benafit significantly from the wse of an advancvd'

thruater,

. Venus Orbiter

The relatively short transfer time to Venus reduces the usual poten-
tial advantages of EP. 1f the mission were performed with EP, the exist-
ing 30-cm turuster would probably be sufficient. ' .

12, -Venus Langer

The 1nLreased payload required for a lander wuuld make EP more
advantageous, but probably not mandatory.

13, Venus Sample Return

With the increased flight time demanded by a return flight and
possible mancuvers in orbit at Venus, an EP system would probably be
beneficial. The large mass and aigh power level might require an

advanced thruster.

14, Mars Sample Return

Compared with a ballistic approach to this mission, EP can increase
the payload returned to_Earth from a few hundred grams to several kilo-
grams.22 Typical missions would use a shuttle launch, EP for Earth/Mars
transfers, and chemical systems for Mars descent and ascent maneuvers.
Mission times of three to four years and power levels of 50 to 100 kW

would be needed.

I5. Jupiter Orbiter

If performed using EP, this mission would require power levels of

1-17

15 to 25 kW for typical payloads. Larger payloads (for instance,

20
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if surface probes were inciuded) might require higher power levels.

Thus, conventional mission epproaches of the type considered in many EP
studies would require only existing technology. More aggressive misslons
might benefit from advanced technology.

16. Jupiter Satellite Orbiter

Limited reconnaissance of Jovian gatellites will probably be per-
formed as part of Jupiter orbiter missions. However, mcre extensive
satellite investigations could require larger payloads. For such vehi-

cles, advanced EP systems would be beneficial.

17. Saturn Fly-By

EP improves the payload capability or reduces flight time for
missions of this type with only modest power levels (15 to 25 kW).1-17
However, with solar~powered systems, propulsion is limited to distances
of 4 to 5 AU, Significant payload improvements will occur when space
nuclear power sources become available. Such systems in the multi~
100-kW range would benefilt from advanced technology thrusters with long

life at high power levels.

18. Saturn Orbiter

See comments on Mission 17.

19, Titan Orbiter

See comments on Mission 17.

0. Uranus Fly-By

See comments on Mission 17.

21. Neptune Fly-By

See comments on Mission 17.

22. Asteriod Rendezvous

Several asteriod missions have been studied by others and found to

1,2,29,32-35 Because

be well within existing EP technology capabilities.
of the high AVs associated with ssteriod missions and the reasonable AU

distances, EP is ideally gsuited to such missions.

21
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23. Asteriod Samgle Return
The higher AV assoclated with aucn a miasion improvee the advantage

| of an EP system.aﬁ -38 The larger masses and higher power levels

required, compared with a rendezvous, would increase the ‘size of the
propulsion system, but would probably not require advanped thruster
technology.,

24. Comet Encke Rendezvoulely-By

This mission is typical of several cometary missions, but is of -
particular interest because of its three year orbital period and near
1,2,7-10,29,32-34,39-42 Encke is a good EP mission
because of the high AV, However, various navigation errors might make

earth passages.

a true rendezvous rather difficult. With typical science payloads, pro-
pulsion power levels of 20 to 25 kW would be a@equate for this mission.

Advanced thruster technology should not be needed.

25. Comet Halley Rendezvous/Fly-By

Comet Halley is of both scientific and popular interest. 3716

Because the comet's orbit is retrograde, the mission is esséntially
impossible chemically. It would, however, be quite possible with EP.
Significant factors in evaluating EP system requirements are flight time
and fly-by velocity. Jiven some flexibility in these parameters, exist-
ing technology would be adequate for the comet Halley mission. UnforQ
tunately, the time available to develop a spacecraft for the 1986 passage

is very short.

26. HNuclear Waste Digposal

Strictly from an EP point of view, the nuclear waste mission 18
technologically feasible. Since power would be derived from the payload
and flight time would be unconstrained, the existing 30=-cm thruster
would probably be adequate; '

C. MISSION SELECTION

Based on considerations of the type presénted in Sectioﬁ 2.8, dis-
cussions with the NASA LeRC stﬁdy manager, and contract guldelines, a

22
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set of nissions was selected for analysis. The initial set, shown in
Table 2-2, generally satisfied al] requirements. However, improvements
were recommended as the study progressed. Although the final mission
Bet, shown in Table 2-3, includes more than the 10 missiuns required, it
is more representative of the study goals than was the initia] set,

In the final mission set; the various outer Planet missions were
taken as a group because their requirements are similar. The multi-
mission modular spacecraft was eliminated from the set because the bulk
of the payloads represented by this category require loy AVs, have low
mass, and wouvld most likely use existing thruster technology. The Mars
sample return mission and the comet Halley mission were added berause
both were of current interest and both might require an advance in
thruster technology. The cloge 8olar probe was added because it was an
extension of the mercury orbiter mission.

Each mission selected was analyzed from the standpoint of itrg
demands on thruster and Propulsion systenm technology, These demands,
which may pProperly be considered to be requirements, indicate the degree
and direction of technological change needed., At various points in the
analysges, technology assessmentg were included to assure that technology
extrapolations were not unreasonable.

23



Table 2-2, TInitial Mission Set

Mission -

Comment

Earth orbit
EO transportation

EO stationkeeping

Mﬁltimissibn mbdular spacecraft missions _

Earth observatory
Planetary -

Outéof-écliptic

Solar system eﬁcape

Mercury orbiter

Neptune flyby or orbiter _

Asteroid rendezvous

Comet Encke rendezvous

Contract requirement

- Contract requirement

Contract requirement
Contract requirement

Contract requirement

Contract requirement

24
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Table 2-3. Final Mission Set Used in Study

Mission

Comment

A

Earth orbit
0 transportation
EQ stationkeeping
Earth observatory
Planetary
OQuter planets
Jupiter orbiter
Jupiter satellite orbiter
Saturn flyby
Saturn orbiter
Titan orbiter
Uranus orbiter
Neptune flyby
Solar system escape
Mercury orbiter
Close solar probe
Comet Encke rendezvous
Comet Halley rendezvous
Asteroid rendezvous
Asteroid sample return
Mars sample return

Qut-of-ecliptic

Contract requirem.em:a

Contract requirement

Contract requirement

Cont ract requirement

Contract requirement

Contract requirement

rConaidered as a single type of mission

aSee Section 2.A for discussion of requirements.
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SECTION 3

MISSION SET ANALYSIS

To use the information gathered from the various reference sources
and the trajectory data generated by this study, a generalized analysis
technique was developed. All the pertinent data was converted to a com~
mon format to provide a uniform basis for comparison. The technique is
discussed in Section 3,A. Section 3.B presents propulsion system perfor-
mance and mags models used in the analysis, including estimates for
several technology levels. Section 3.C summarizes the mission character-
istics requiréd for the generalized approach, including AV, initial
acceleration, payload, and initial mass. Section 3.D discusses the
generalized analysis. In addition, results for specific missions ana-
lyzed in detail (e.g., trajecte:y calculations) are summarized. Detailed
information that does not fall in the "generalized amalysis" category is
included in the Appendix B. Conclusions from this portion of the study
are presented in Section 3.E.

The generalized mission analysis technique was applied to the total
mission set, including the Earth orbit missions. However, the transpor-
tation and stationkeeping of large systems, Missions 1 and 2, were not
clearly defined. That is, since wide ranges of mass, size, and power
level were to be considered, with only broad mission objectives, the
generalized analysis could.not prbvide all the desired results. In
particular, large-scale operation in Earth orbit will require cost-
effective propulsion systems. The economic tradeoffs related to
Missions 1 and 2 were developed through cost modeling techniquea
(discussed in Section 4).

A. GENERALIZED ANALYSIS APPROACH

1. Results Format Basis

Mission analysis results obtained from various studies are generally_'_-

somewhat difficult to compare because of the multitude of asaumptions
required in the basic calculations. However, by distilling the pertinent

27




iuformation and displaying it in a common format. as 111uatrated 1n h

Figuxs 3-1, approximate comparisons can be made. The basis of this for-

-mat is derived from the rocket equa*ion with an apprOpriate use of EP
 syatem definitions.-

The rocket equatipn has the form

.

AV = golspln (Mf) » K ; (3'1)

ﬁhété"' " S | - |
AV = velocity chénge'charaéteriéing the mission
= gravitational constant L

= true specific impulae (cotrected for multiply charsed 1ona, '
beam divergence, and propellant utilization efficiency)

= initial mass of the vehicle"
M = final mass of ‘the vehicle. -

=
L

The inifial mass-canrbe written as

Moo= Mf+t-lp S e (3-2)
M= Mpz-"'“psi"“p . D - (3=3)
where | | |
Mp - = propellant mass
Mpﬂ-'= pgyload mass
Mpa " pfdpulgiop éystem mass. .

A simple rearPangement df Eqs.. 3—2 and 3-3 yieldsi

. Mo M
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AV, km/sec

40

10

7254221
| | 1
PAYLOAD MASS FRACTION

00

| MERCURY ORBITER :13
THRUSTERS REQUIRED =
0. INCLUDING REPLACEMENTS
: FOR FAILUHES AND
\ WEARGUT {20,000 A-HR)

Figure 3-1. Generalized mission analysis results format.
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‘where MF = payload mass fraction.

fl EP syatem parameters are related to ptopulsion system naRs as
'followa...u

a = -P8 S ‘ (3-6)

b N ﬁhere Pps = propulsion system input power, or

S ¥ o ‘M P _a
P : : ‘ ps _ _ps _ps (3-7)
i : . ' M M *

P = ——SE—-‘l (3-8)

ﬁhere-
T = True thrust (corrected for multip]y charged ions and
beam divergence)

N ™ True propulsion system total efficiency {corrected for
P multiply chargedions and beam divergence).

ihis allows us to write

M =
—PS ..._P_....o__P._ (3-9)
Mo 2M np _

- In terms of vehicle initial acceleration,

y T _ ‘
A = - * : (3-10)
° __Mbgo_

j . For convenience in uéing missibn'andlysis 11terature,.An has the units
of "g's." Eqs. 3-8 and 3-9 become

PPB = Mb _Saﬁ?L_iL_' : (3-11)
: o\ p8. : : :
2 ;
EEE = Aolop®ps By : '
M,OT T o L (3-12)




o BN s |

+

B g By g Be e

Lo BN . B

1f %8 is expressed in conventional units of kg/lkW, then

Mpa Ao Isp cv.l_,ﬂ
M - 20,79 . (3-13)
“o ps

Substituting Eq. 3-5 into Eq. 3-1 and using Eq. 3-13 yilelds

AT a \?
W = g1, e (m« : Eo—gg—ne-) . (>-16)
ps

As illustrated in Figure 3-1 for a given set of propulsion system
parameters that are technology-level related, lines of constant pzyload
magss fraction can be defined in a AVvs Ao coordinate system. To use this
format, propulsion system models were developed for the desired technol-
ogy level and were used lu displaying Eq. 3-14 graphically. The result
is a graph having lines of constant mass fraction that represent a given
propulsion technology level. Mission data is then used to obtain
typlcal values of AV, Ac, and MFR.

The mission stuéy value of MFR is then imposed as a line on the
aporopriate graph. This line represents the payload mass fraction typi-
cally required to satisfactorily perform the mission. Then, the study
values of AV and Ao are located on the graph. If the AV\H;AO point 1s at
higher mass fraction than that required, the mission probably can be
performed with the assumed technology. If the AVvs Ao point 15 at a
lower mass fraction than required, the mission probably cannot be accom-
plished with the assumed technology.

2. Number of Thrusters

An estimate of the number of thrusters required for a given mission
and an assumed technology level can be obtalned as follows. The maximum
number of operating modules (one thruster and power processor combination)
is approximately the ratio of propulsion system input power to the total

power per module (i.e., power into a power processing unit (PPU)):

r
= P8 -
Nmod P N {3-15)
PP
31
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where P = power Per power processer and
PP

P, = '-..__k_Pt- ., 'vb.j
rp ople Mo np.pnc

T (3~16)

P, = thruster inmput powgr'

I, = beam current per thruaﬁéf.'

Vb = beam volcage | o

n =~ péwer proceésor efficiency _

n - fhruster electrical efficiency' a
n = cabliﬁg“efficiencyﬁ | a

The beanm parameters are determined'by the technology chioice since

.Ib depends on thruster design, and Vb depends on Isp from

2

m\ /g , ,
= .1} (2o Z : u
Vb (Ze) (nuy) Isp ' (3-17)

mi = jon mass

e = electronic charge

N, = measured propellant utilization eificiency
Y = thrust lossg parameter.

Combining Eqs. 3-11, 3~15, and 3-16 yields

N = _EEL. nenPPnc (A I g ?) .
mod Ibvﬁ_ ans o sp %o »

because

it follows that

M A n
00 e u
“moa (“i;*) () (1—) | (3-18)
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This 1s the approximate number of operating modules needed to utilize
the propulsion system power.

Two additional conditions must be satisfied: (1) there must be
enough modules provided to account for wearout, and (2) standby redun-
dancy must be provided independently of wearout. The total number of
modules required for wearout (now) can be estimated from total propellant
requirements. Using Eqs, 3-2, 3-5,and 3-13, the propellant mass is

AI a
QO 8 B
Mp = MO [ - (MF + —-—-—1-9-—20'79%3)] (3-19)

M -ffadt o L. (—Ti) [1 (t) N (t)dt (3-20)
P n \efJ b ot ’

u

arid

where M = total mass flowrate.

The value of the integral in Eq. 3-20 is simply the total number of
ampere-hours of operation required to use the propellant. If a thruster
is characterized by a wearout life in ampere-hours, independent of
throttling, the total propellant mass can be simply divided by the mass
equivalent of the ampere-hour life. Thus,

M n
Ny = (KHE) (E-E) R (3-21)
1

where AH = thruster life in ampere-hours,

To establish the total number of thrusters required, N and Now
must be scaled up to account for redundancy/reliability. To first order,
a simple redundancy factor, Rt’ can be used. Then, the approximate

number required is the larger of
f

MA n
(L+R) °°(9-—) LS
t [ Ib mi Isp
=~ No. of thrusters X
ot required u'J or (3-22)
M
(1+R )[(AH)( )]

-
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B. PROPULSION SYSTEM MODELS

The generalized analysis technique discussed abpve requires models
for propulsion system specific mass aps and total efficiency nps. as
indicated by Eq. 3-14. Models for these parameters are presented below.

1. Performance Models

Although the desired final result of this section is a model for
nps, gseveral other relationships must also be defined. Total efficiency,
as illustrated in Eq: 3-8, originates from the encrgy equation and is a

product of all thruster, power processor, and cabling efficiencies:

"os = Mt op e (3-23)
where
n, = thruster total efficlency
npp = power processor efficien&y
n, = cabling efficienecy.

Thruster total efficiency includes electrical efficiency, propellant
utilization cfficiency, and factors to account for ion besm divergence

and wuitiply charged ions:

n @
" 1uﬂeY

N, = measured propellant utilization efficiency

= n, + 2n,

Fs

T = mass fracticn flowrate of singly charged ions

Ny = Wass fractional flowrate of doubly charged ions
ng ~ thruster electrical efficlency
_ Db
P t
¥ = experimentally determined correction factor for bLeanm

divergence and multiply charged ions
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A ———— T e .

Vb = beam voltage
Ib = beam current per thruster
P = thruster input power.

Beam voltage is related to other parameters through the definition of ion
beam energy:

1 2
eVb = 5Ny vy (3-24)
1 v \?
L -E ll'li (W) (3-25)
u
since
v
™ e 3-2
sp g, ( 6)
m I ¢ 2
vb = E-i-) (—EL_Q,) . (3-27)
\ e “l.lY
where

m, = ion masg
2 = electronic charge
vy = ion velocity due to acceleration through Vb
vV = average exhaust velocity
= VN,

Beam current can be related to flowrate through
. e * e
L, = & (;'Z) = (Mnu) (E;) , (3-28)

ﬁi = ion mass flowrate

whera
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Calculations made for the generalized analysis utilized the following
empirical relationships assoclated with the 30-cm-diameter Hg ion thruster

(in mks units):“'sg’60
p = 1 (v +180+2% (3-29)
t bi{b I 2 '
b
1
1 b
n =% (3-30)
u (B Ib+In)
In = neutral atom flowrate (equivalent amperes)
= 0.24 + 0.032 Ib (3-31)
Ib 1 2 T = I, =1 fori 21
g = 1 - 0.08 --——i'———b—x—i bx B b (3-32)
2.2 + be be = 0 for Ib <1
~ 0.025 _
Y < 0.942 - 0.005 T + 7 5g (3-33)
0.13
(Tlpp nc) = 1 - I 0.5 - (3-34)
b

Substituting these terms into Eq. 3-23 is owitted since the equation
would be somewhat awkward. But, to summarize, nps can now be evaluated

for a given Ib as follows:

L] U from Eqs. 3-30, 3-3], and 3-32

® n. from the definition and Eq. 3-29
e

. v from Eq. 3-33

] from Egq. 3-34.
“pp N, q

Propulsion system total efficiency is plotted in Figures 3-2 and 3-3.
The apparent slight decrease in efficlency that occurs at high beam
current is a consequence of the increased influence of multiply charged
ions as modelled in equation 3-33. It should be noted that equation
3-33 has been formulated to fit data in the 1l-.to 4-~A beam current range

and the accuracy of the expression for 10A has not been verified.
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Figure 3-2. Propualstim: system total ef Eiciency f'or 30-em~

diameter mercury th:a'sst:er ns a function of .
beam currant. :
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Aithough the efficiency calculations are based on data obtained
from operation of 30-cm thruaters on Hg_43.59.60. using these equations

for describing thruster performanca'n91ng other propellants or for other
. aize thrusters can be expected to produce relatively accurate regults.

More specifically, thruster electrical efficiency will scale exactly;
 utilization efficiency may be somewhat in error but not aseriously;

Y should scale roughly as defined by Eq. 3«33 for other propellants, but

for other sizes an equivalent 30-cm beam current should be used; and

power processor efficiency (Eq. 3-34) is probably reasonable for beam

voltages greater than 1 kV.

The ggneral depéndeﬁeé on prdpellant type is through atomic mass.

By notinalizing the atomic mass to mercury, the Vb and ]’.b relationships
can be written in the form ' ' :

1 A LY L Ay (3-35)
b 2e in vy 2e \n'y -
. u N ¥ R
L 2
8
A (‘100". o'z"'n'uy') (3-36)
. M
I, = ¥n (-fﬁ) = 481004 (—ﬁ) . (3-37)

where
u = atomic mass unit = 1.6605655 x 1.0'-27
W = atomic mass

W= my

N = Aatomic mass of propellant
atonic mags of mercury

lﬂg = ] (mercury)

5} .
[‘: . AA' - *g—ga%-g- ‘m 0.19915 (argon)

83, :
[E Al(r- - m- _0.417'_77.(kryptqn)

\ e —23(%:'-%- = 0.65457 (xenon). -




Additional relationships that are of use in various calculations
include thrust T and vehicle accelgration A:

- . 2
T = ﬁ; L] ¥ v
8 &p
2

n,Y .
= 0.203943 v. 1 [-— (3-38)

b'b Isp

P n
= 0.203943 (-—Pf‘—-?—?-)
sp

A =
° Mﬁgo

P n
= 0.02079 (ﬁ—ﬂ) .
o sp
where Mb'ia the vehicle initial mass and all values are in mks units,
except Ab,which is expressed in "g's,"

2. Mass Models

Propulsion system specific mass aps is assumed to include all the
elements required to produce thrust, including a power source (e.g.,
gsolar array). Historically, a's of 30 kg/kW were used in mission studies
based on optimistic technology goals., Generally, these a's included only
the element masses and not System considerations such as thermal control
and vehicle structure required for support. Depending on the particular
study, such system factors may or may not have been included in the
overall mass accounting.

The mass models discussed in this section include allowances for
the major system factors assuming certain design approaches. Models for
present technology are based on hardware currently un-der developmentm'44
(specifically, the 30-cm EMT and its corresponding power processor). For
the generalized analysis, advanced technology was modeled by projecting
the capability of the 30-cm mercury thruster to higher beam current and
voltage.

The mass models used to define present and advanced thruster technol-
ogy are shown in Table 3-1. Although many system designs exist, these

models were based on typical values used in the various reference docu-~
ments and should be reasonably representative,
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The solar array specific mass is based on the assumption that all
degradation occurs early in the mission. Thé 18 kg/kW assumes approxi-
mately a 15 to 20% degradation of the original installed powei (15 kg/kW).
Since solar array studies indicate that specific masses on the order of
5 kg/kW may be feasible with present technology,as'QG the results of .the
work discussed here are probably conservative.

Power processor mass was modeled using historical data for PPUs alone,
and current design data for the series resonant inverter (SRI) concept being
developed by NASA LeRC. which includes thermal contrel and structure.h »47,48
The basis for the equéiion used in Table 3-1 is indicated in Figure 3-4.

The "historical® curve was obtained as ghown in Figure 3~5 using data for
various PPUs without structure and thermal control. Since the mass of
the packaged PPU is dependent on many vehicle design factors, the straight

1ine shown in Figure 3-4 was assumed as a reasonable eatimate.

Thruster mass,.as used in the model, includes an allowance for
gimbals and miscellaneous structure agsociated with the thruster. Typi=
cally, the total "thruster array” is about twice the weight of the

25,49 All remaining propulsion system elements (such as tanks,

thrusters.
valves, structure,miscellaneous hardware) are assumed to be proportional
to power at the rate of 5 kg/kM.

As Table 3-1 indicates, thruster mase is constant in this formula-
tion. However, since it is assumed thac higher power can be obtained,
thruster lifetime and the required number of modules plays a strong role
in modeling propulsion system specific mass. Figure 3-6 illustrates the
influence of lifetime on mission performance. 1In the first cxample, the
EMT operates at 2 A. ‘rhe total mass of two thrusters and their individual
power conditioners is about 136 kg. Modifying the propulsion system to use
a 4-A beam current, but keeping specific impulse at 000 sec (modified EﬁT),
ylelds a total mass of 77 kg without considering thruster lifetime (i.e.,
if no wearout of the thruster occurs). This large decresces in mass is
mainly due to the lower specific mass of the PPU at the higher power
levels. The trajectory dynamic performance is unchanged for this second
example, since running fewer thrusters at higher current can produce the

same acceleration time profile with no increase in system propellant or
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1

"MODEL USED FOR,
THE ANALYSIS IN
SECTION 3

7 ® SRI DESIGN (HALF OF A “BL-MOD")

: HM#EHPBOEESSQRINME;kn

” HISTORICAL MODEL WITHOUT
STRUCTURE AND THERMAL
CONTROL

I J L I i
4 8 8 10 12 14
POWER PROCESSOR INFUT POWER, kW

Flgure 3-4. Power processor mass model.
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Figure 3-5.

PPU INPUT POWER, kW

Power processor historical mass data.



TR

=3

[—— PRSI

—

.

12547
EX. EMT |
POWER
PROCESSO THRUSTER
(=] 2 Mpp «102kg
EX. wWO WEARQUT
MODIFIED EMT (Iw = 3000 SEC)
POWER
PROCESSOR THRUSTER
4a ) 4s Mpp =80 kg
Mt =17 kg
EX. CONSTANT A-HR WEAROUT
MODIFIED EMT (I, = 3000 SEC)
POWER
PROCESSOR THRUSTER _
4a 4a MPP = 80 kg
My =34kg

r-
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Figure 3-6. Example of mass modeli‘n’g rhilosophy applied
in generalized analysis.
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power requirements., The only change is a lighter propulsion system with
potentially improved payload. _

The mass modeling of thruatef wearout lifetime is assumed.to occur at
constant ampere-hours. That is, if the thruster lasts for a given duration
¢t 2 A, it will wear out in half that time when operéted at 4 A. As in
tae third example of Figure 3«6, a spafe tﬁruster must then be carried.
Switching occurs for wearout in a manner analogous to switching for
thruster failures. The total number of thrusters is the same as in the
first example, but a significant mass savings accrues from raising
module power. Total mass would then be 94 kg, a savings of 42 kg.
Furthermore, even if a third thruster were necessary to complete the
mission (as a result of a variable thruster lifetime in ampere-hours), it
would still only add 17 kg, and net savings would then be 25 kg.

Savings in propulsion system mass thus can apparently be achieved
by increasing beam current, permitting wearout to oécur, and saving
power processing mass. Even if the constant ampere-hour wearout assump-
tion is not completely accurate the effect tends to be balanced by
reliability considerations. A favorabla reliability interaction results
at higher beam currents because the total thruster hours are reduced and,
consequently, there will be fewer failures and fewer thrusters required
for reliability purposes. Based on typical system studies, redundancies
of 20% and 40% for the PPU and thrusters,respectivelys were selected.

Using the models in Table 3-1 and the previous philosphy for
thruster wearoﬁt, propulsion system specific mass curves were developed.,
For the simplified example shown in.Figure 3-7, mission thrust time is
less than thruster lifetime'(i.e., no thruster wearout occurs). The
trends caused by increasing beam current and specific impulse are then
divorced from lifetime considerations. As is seen for present technology;
modifying the EMT from its nominal value of 2 A to around 6 A will generate
significant decreases in specific Wass. On the other hand, holding beam
current constant and increasing the specific impulse from 3000 to
4500 sec will accomplish approximately the same decrease in specific
mass (10 kg/kW). Simultaneously increasing both beam current and specific
impulse would only further improve specific mass by 5 kg/kW. The
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change is relatively small because the bulk of the benefit comes from the
inieial increase of mddu;e power, which may be accomplished by changing
either variable separately.

ﬁ%e'specific results used for the generalized analysis presented in
this report are shown in Figure 3-8. These curves include wearout on
the basis of a 20,000 A~hr thruster life. A break Point occurs at 2 A
because additional thrusters are required at higher current leveis to
maintain a constant mission life, The apg data needed in Eq. 3-14 wag
obtained from Figure 3-8,

C. MISSION CHARACTERISTICS

Referring to Eq. 3-14, the generalized analysis approach requires
mission informatioq an mass'fractinnf(MF), ihitial'acéeleration (Ao),
and AV. Representative data for each of the missions included in the
mission set'ﬁaa-obfainéd.from_thé.literatpre and from trajectory calcu~
lations made under thig study, as indicated in Tables 3-2 and 3-3, pay-

The summary of mission requiremen;s presented in Table 3-3 wag
distilled from the referenced literature, The parameters of interest,
MFR, Ab’ and AV, were calculated from the results presented in those
studies. AV and A0 wexe obtained using Eqs. 3~1 and 3~11, respectively.
MFR is based on the maximum payload values indicated in Table 3-2.

D. RESULTS OF THE GENERALIZED ANALYSIS

The results of the generalized analysis were derived from Eq. 3-14
and based on the performance models, mass models, and mission character~
istics discussed above. A general example of the relatiohahips involved
is shown in Figure 3-9. The legend on top of Figure 3-9 describes the
technology of the particular low thrust propulsion system being con— _
sidered. ("Present power fechnology" refers to the use of the relationﬁ

in Table 3-1,) First, the level of power system technology (existing hard-
. ware Or pregent power) ig chosen. Then,:for a8 modifiad EMT within the '
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Table 3-2, Mission Payload Mass Summary and References .

Payload

Mission Mass, kg
2 »

Referéences

Remarks

Outer planets
Jupiter orbiter 982 8, 29

1282 . 50

1360 Al

~ Jupiter satellite 1265 52
. orbiter

1100 -~ 53

Saturn flyby 840 51

Saturn orbiter 1031 8, 29

1016 54

Titan orbiter 1096 54

Uzanus flyby 750 8

825 51

Neptune flyby 750 | 8

570 kg MIS® + retro

Same as'abbﬁe Lut
includes 150-300 kg

‘entry probe . ..

W10 design

" Pioneer Venﬁs Hbdule

includes: 150 kg
probe; retro, lower
orbit fuel for satel-
lite explorations

Pioneer class;
includes: 150 kg
probe; Type I retro
fuel; lower orbit
fuel for satellite

_explorationq.

Uses Jupiter flyby

Includes 570 kg MJS
and retro fuel; add
150-300 kg for probe

HAC study for
technical proposal

Scaled from HAC atudy
for technical
proposal

750 kg MJS for
Uranus/Neptune flyby

Mariner class, uses
Jupiter flyby,

includes probe

750 kg MJS uses

_Uranug flyby

.'aMariner class, Jupiter swingby (MJS).
bMariner class, Jupiter Orbiter (NJO). B

50
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Table 3-2. Mission Payload Mass Summary and References (Continued)

Payload
Mission Mass, kg References Remarks
Outer planets
(Continued)
Solar system 320 8 Hellos class
escape ‘
Mercury orbiter 1335 30 HAC study; Pioneer
Venus Module (793 kg);
includes retro; drop
propulsion system
before injection
1480 3l Drops propulsion 8yg-
tem before injection
824 8, 29 350 kg Helios
1317 51 Mariner class
(775 kg) plus retro
Close solar probe 465 55 Solar probe uses
(0.1 AL) Venus swingby
1000 55 Low cost (heavy)
payload
Earth observatory 8000-10, 000 11, 18, 2! | Shuttle class
maximum payloads
Comet Encke
Slow flyby 113 8 Small science
package
508 56 JPL, Mariner Encke
study; 4 ka/sec
358-608 33 Pioneer 10/11 class
and Advanced Pioneer
450 13, 15 Representative pay-
load for flyby ‘
opportunity and back-
ground for comet
migsians

51
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~ Table 3-2, Mission Payload Mass Summary and Reference (Continued) -

- Payload S ; -
Mission Mass, kg | ‘lReferenceg _RgmaFF?J
Comet Encke
{Continued) ,
Slow flyby - 400 - 38 ;.ﬂ 2
(Continued) T . .
533 25
350 32
Rendezvous 635 41
545 EY Mariner class
500 38
Asteroid rendezvous 350 8 HAC/Metis (Pioneer
class)
500 34 Eros
500 35 Eros
635 34 Ceres
500 38 Various
350 32 Various
Asceroid'sample 940 37 Return capsule,
return (Eros) leave stage at Eros
1000 38
Out—o;-ecliptic 600 11
(1 an) _ _
391 51 -~ Includes science
package of 31 kg
200~-400 2 Inclination dependent--”
' payload .
200 27

52
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Table 3-3. Mission Characteristics
£3 Consedimt1 MFR | 4 AV Refer
’ onservative . -
Mission km2/5302 My» kg Payload, kg 10‘5g km/sec ence Remarks
Quter planets
Jupiter Orbiter 37 3050 1360 0.45 3.4 4.3 8,29
Jupiter 37 3050 1265 0.41 3.4 4.3 8,29
satellite
orbiter
Saturn flyby 64 2320 840 0.36 3.4 3.6 8,29
Saturn orbiter 64 2320 1031 0.44 3.4 3.6 8,29
a Titan orbiter 64 2320 1096 0.47 3.4 3.6 8,29
Uranus flyby 42 2920 825 0.28 3.8 4.5 8 Jupiter swingby
72 2120 825 0.39 3.8 3.8 8 Uranus flyby to
Neptune
Neptune flyby 72 2120 750 0.35 3.8 3.8 8 Uranus swingby
Solar system 37 3050 450 0.15 3.4 4.3 8,29 | Jupiter swingby
escape
Mercury orbiter 4 5720 1480 0.26 2.1 17.4 HAC trajectory
studies; thermal
constraints, pay-
load is approach
mass
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Table 3-3. Mission Characteristics {Continued)
C3 Conserbat 1 A &V, | Ref U
Hission kn2/sec2 |M,s kg Payload, kg 10-5¢ kn/sec | ence | Re:lna_rks: s
Mercury orbiter 25 3827 1480 0.39 1.6 10.9 HAC trajectory .
(Continued) .studies, thermal
-constraints, pay-
load is approach
mass
25 3827 1480 0.39 1.7 13.1 31 .
Close solar probe 20 4260 1000 0.23 2.9 14.1 HAC trajectory
(0.1 AD) - studies; thermal
constraints, (Sun
‘angle > 90°)
Earth observatory - 27,215 10,000 0.37 | 2.-4, 6.0 | HAC trajectory
‘studies to sync.
eq.
Comet Encke
Slow flyby 55 2560 608 0.24 |4.1-4.7| 8.8 | HAC studies;
: { approach =
4.5 ku/sec
54 2600 608 0.23| 4.6 | 95 4 8 |4im/eec
77 1970 608 0.31 [ 3.1 | 1L2 | 39 |4 iw/sec
49 2720 608 0.22 [ 2.7 | 87 | 3 Venus gravity
: S ' - assist -

- 6119
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T-ble 3-3. Mission Characteristics (Continued)
C3 Conser&étive MFR A, AV Refer-
Mission km?/sec2 | Mpr T8 Payload, kg 16-5g | km/sec ence Remarks
Comet Encke 55 2560 608 0.24 3.4 11.3 29
{Continued)
54 2600 608 0.23 2.5 10.4 2
Slow flyby
{Continued)
Rendezvous 49 2720 635 0.23 |4.4-4.5]9.1-9.8 41 Different
opportunities
54 2600 635 G.24 4.0 11.1 41
42 2920 635 0.22 4.1 9.5 8 Long flight time
44 2860 635 0.22 4.2 14.3 8 Short flight time
i
51 2580 635 0.24 &2 10.4 2
Asteroid 25 ag27 635 0.17 3.3 8.5 8,29 | Metis
rendezvous
3 5840 635 0.11 3.6 8.1 34 Eros
4 5720 635 0.11 4.2 5.9 32 Eros
56 2530 635 0.25 4.6 7.8 34 Ceres
Asteroid sample 4 5720 1000 0.17 4.2 12.0 36 Return capsule,
return (Eros) leave stage at
N Eros
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Table 3-3. Mission Characteristics (Continued)
€35 Cons;iSQtive MFR A AV Refer-
2 21 M ' 02 3 -
Mission km /sec ,» ¥8 | payload, kg 10-5g |lm/sec | ence Remarks
Out-of-ecliptic ! 1 6040 600 o.10 | 2.-3. 20~-55 BAC trajectory
{1 AU) : studies; inclina-
i tion dependent
{ 1 6040 600 0.10 '2.2-3.8 | 22-38 2
6119
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selaected power tachnclogy, one must choose thruster operating conditions
in terms of beam current and specific impulse. These choices will serve
to describe the propulsion system according to the modeling in Sec-
tions 3.A and 3.B. Mission requirements are defined by the payload

(MFR) for mission success.

1. Specific Impulse Considerations

The dependence of performance on IBp is 1llustrated in Figure 3-9.
Any mission can be categorized in terms of an initial acceieration Ao
and a velocity AV required to be delivered by the propulsion system.
The spectrum of A and AV combinations for all missions is shown in
Figure 3-9 for a constant (MFR). The solid line on the curve corresponds
to a particular propulsion system (system technology level, thruster
operating conditions) that can deliver the specifizd MFR. To the left
of these curves, the propulsion system performs the mission with an
MF greater than that required; to the right, it performs the mission
with the inadequate MF (or payload). The effect of increasing Isp
is shown by arrows. In the region of higher AV and lower Ao' where cor-
respondingly less thrust is needed, the preference is to keep the pro-
pellant mass as small as possible, and increasing IBp helps to do this.
on the other hand, when higher thrust is needed at low AV, increasing
ISp causes a decrease in performance. The reason ig that the power
required, in terms of mass, when increasing Isp is greater than the
propellant savings that would result from the higher Isp'

Figure 3-10 outlines the tradeoffs between ISp and various thruster

modifications and MFRs. These charts also show equivalent thrust time,
which is the mission duration parameter used to characterize the required

thruster lifetime for any mission. This egquivalent thrust time is
actually the time it would take to expel all of the propellant with the
power available at 1 AU. For orientation, the Halley's comet mission,
which is a relatively long thrusting mission, requires only about omne
year of equivalent thrust time.

The trends, as far as I sp is concerned, show a very flat optimal.

Considering Figure 3-10(a), for example, for very high accelerations
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|  (6 to 8 x 10 g) and low AV (10 to 15 km/sec), the performance resulting
from an I ap up to 5000 sec is relatively constant. The fact that there
is not much difference indicatea the very flat optimal. At the extreme
right (the envelope of maximum performance), little variation occurs in
Vlsp over a great range of A and AV combinations, The message of these
chrves is that, 8ince 1ncreasing I sp may not significantly increase mass
performance, the higher cost of higher power may rot be Justified.

~ The other parts of Figure 3-10 have the same propulsion system with
increased MFs. Since the particular propulsion system now has all of
the curves moved over to the left and down, fewer potential missions can
be caﬁtured by the particular technology level and thruster modifications
because of the higher MFR. The trends, as far as IBp is concerned, are
basically the same. Since these mimrsions are characterized by rather flat
optimals, the basic Iap'conaiderations become a cost tradeoff: increasing
ISp to improve performance, although sometimes possible, is expensive.

In summsry, the above considerations suggest that IBp should be
raised oniy after other alternatives have been examined. It is generally
better to first attempt to lower the specific mass of the propulsion sys-
tem by raising beam current.

2. Misgion Performance Results

The space shuttle was assumed available as a launch vehicle for
these advanced missions (Table 3-3). The major implication of the shuttle
is that larger injected mass and larger propulsion systems are possible
as compared to earlier launch vehicles (e.g., Atlas Centaur). Fig-
ure 3-11 shows the assumed capability of the Shuttle:. The two~-stage IUS

is assumed for the lower launch energy missions and a three-stage con~
57,58

3 _

ihe mission performance comparison curves used in the remainder of

cept. for the higher values of C

this analysis are shown in Figures 3-12 through 3-16. These figures
display lines of constant mass fraction in the AV\naA format for
various technology asaumptions. Given a particular miaaion, specified
in terms of Ao and AV, any propulsion system {power technology level,
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*-if;;aa;aaéqaaze-ﬁaylaaa;:. o o - | 4
' ?ﬂ.Figtté”B-lﬁiﬁieSEhtsAtha generalized performance of themégiéting
) harQWaﬁg'ggug);_Figq:gg_Salﬁ through 3-16 present the results for present []

ﬁbwet tachnology and a modified EMT “(4 AJSWithfa range of specific

impulse (3000 to 6000 sec). A comparison of Figure 3-13 with 3-16 1

ghows that the higher IB cap capture more ﬁissiqns (MF) for low Ab and
high AV but has a low capability for high A  and low AV. ' %

a. Outer Planets

Missions to the outer planets are depicted in Figure 3-17,
which is Figure 3-12 replotted with the mission requirements superimpoaed.

The emall elliptical area bounds the range of accelerations and velocities

[er—— 11

in Table 3-3 for the outer planet migsions. Also shown is & line repre~
genting the largest MFR in Table 3-3 (0.47 for the Titan orbiter).
Obviously, since the EMT can deliver the largest MF, it can also perform
the remaining outer planet mission. Another piece of information in Fig-
ure 3-17 is the number of thrusters required for thrust and redundancy.
Thruster wearout does not occur because of the short mission equivalent

thrust time (EMT life was agssumed to be 20,000 A-hr).

b. Mercury Orbiter

The results of the detalled trajectory studies of the Mercury
orbiter mission are shown in Figure 3-18. The areas indicated on the
curves are the different trajectory classes {investigated: low launch
energy with high propulsion system power requirements (MF = 0.26) and high
1aunch energy with low propulsion puwer requiremeﬁts (MF = 0.39). The EMT
with existing hardware and a moderate number of thrusters calculated from
actual tr&jecﬁdry runs easily meets the requirements of both classes of
trajectories. S

The generalized plots in Figures 3~12 and 3-17 include the sssumption
that wearout dccura_fof the mission thrust duration at Z.A. The Mercury

orbiter is one of the few missions that has a thrust guration longer
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than 20,000 A-hr. TItg equivalent thrust time 1is 16,000 hr (32,000 A-hr).
Thus, four thrusters were included in the maximum of 13 vequired for the
high-power case to compensate for wearcut (assuming a 20,000 A-hr life~
time). The HAC trajectory studies of the mercury‘orbiter included
thermal constraints which kept the thrust attitude 90° from the sunline.

c. Cloge Solar Prohe

The close solar probe {G.1 AU) was also analyzed using HAC
trajectory programn with conservative MFe (Table 3-3), As. Figure 3-19
shows, the EMT adequately performs this mission with a moderate nuaber of
thrusters using existing hardware. This mission has a relatively long
equivalent thrust time comparad to other wissions, but it is still
only 10,400 hr, whick is Just slightly more than the assumed
20,000 A-hr lifetime of the EMI. The HAC trajectory studies again
included thermal constraints that kept thrust attitude 90° from the

suntline.

d. Earth Observatory

Figure 3-29 shows that the conservative payload mass fraction
(0.37) required for the Earth observatory mission could be easily accom
plished with existing hardware, but the number of thrusters might be too
large for the Shuttle bay. To decrease the number of thrusters, present
power technology could Le used with a modification of the beam current.
For example, if beam current were increasnd to 4 A, a reascnable number
of thrusters for the very large payload results (as shown in Figure 3-21).
Increasing the beam current also increases the already adequate payload.
More performance and a further decrease in the number of thrusters could
be achieved by raising Isp’ but this is not required to perform the Earth
observatory mission. In addition, advanced power system technology is

not required to perform this mission,

e. Comet Encke Missions

The comet Encke slow flyby missions are depicted by the shaded
areas indicated in Figure 3-2Z (see Table 3-3). Existing hardware ig
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not adequate to perform all missions but, as Figure 3~23 shows, all
Proposed Comet Encke slow flyby missions can be performed with adequate
payload, using a small number of thrusters and a modified EMT.

Similar results hold for the comet Encke rendezvous nissions, as
shown in Figures 3-24 and 3=25. Modifying the EMT to operate with a 4-A
beam current with Present power technology yields an adequate payload MF.

f. Asteroid Rendezvous

The asteroid rendezvous mission requirements for Eros, Metis,
and Ceres are plotted in Figure 3-26 from the data in Table 3-3 uslng the
conservative payload of 635 kg. The existing hardware (EMT) easily meets
the payload requirements. The 17 thrusters required is a reasonable
bound for the most conservative payload and acceleration but can be

decreased, if desired, by increasing beam current.

g. Asteroid Sample Return

The asteroid sample return (Eros), with its somewhat higher
payload and velocity requirement= may need a modified thruster to obtain
additional performance depending on launch opportunity (as indicated in
Figures 3-27 and 3-28). Changing the beam current to 4 A provides this

extra performance with present power technology.

h. Out of Ecliptic

Figure 3-29 depicte the performance for the existing hardware
from the HAC trajectory runs as a function of the out-of-ecliptic incli-
ndtion angle, Existing hardware can provide up to 50° with a pPayload mass
fraction of 0.1. Raising the beam current to 4 A increases maximum incli-
nation to about 60°, In addition to using a 4 A thruster, it is necessary
to increase ISp to obtain a 90° inclination because the very high velocity
requirements for 90° inclination can only be met by reducing propeliaat
mass. Trajectory results for a 6000-sec Isp are given in Figure 3-30.

If 90° inclination is required, then Isp and cost will be higher,
Out of ecliptic missions can also have very long equivalent thrust

times. Acceleration increases asg propellant is consumed, but the average
time is about 11,000 hr for each 30° of inclination. Thus, the
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thrusters required (in Figures 3-29 and 3-30) are mainly for wearout
replacement. In fact, the modified EMT (4 A, 3000 sec) requires only
four operating thrusters to provide the highest acceleration. Thus, for
the highest inclination case (G50°), eight thrusters are required for
wearout and another eight for failure for the conservative payload and
maximum acceleration. The equivalent thrust time compensation provided
in the propulsion system assumed in Figure 3-30 results in an increased
mass fraction of less than 0.05 for the 6040 kg injected mass in this

WOrst case.

3. fonclusions from the Generalized dnalysis

Tn summary, the EMT can perform a large fraction of the missions
analyzed. Development of a thruster (modified EMT) capable of 4-A or
higher beam current at 3000-sec specific impulse will provide the
capability to perform all the missions considered, with the possible
exception of the out-of-ecliptic mission. Inecreasing ISp is generally
good from a performance viewpoint because it improves the payload and
reduces the number of thrusters required, but it could increase mission
cost because of higher power. Similarly, the 90° out of ecliptic mission
can be accomplished with present power technology (solar array aad PPU)
by increasing specific impulse. Advanced lightweight power technology
would improve performance, but it is not required to perform any of these
missions and may noet be economically Justifiable.

This analysis did not consider Earth orbit missions involving large
space systems. This subje:t is discussed in Section 4. 1In add:ition, the
generalized analysis did not consider other thruster sizes since the
existing EMT or a modified EMT could adequaiely accomplish all the

missions considered.
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SECTION 4

COST MODELING FOR EARTH ORBIT MISSIONS

The generalized analysis approach, discussed in Section 2, is an
efficient means for assessing the first-order impact of various missions
on thruster technology. However, the generalized approach omits cost,
which, under certain circumstances, may be decisive in the use of EP.
Although cost is an important factor in planetary and small body
missions, for these the use of EP will probably rest on the tradeoff of
mission risk against technical advantage, with cost as a secondary
factor,

With new large space systems, for which most elements will have
limited bases for assessing reliability/risk, EP will be judged largely
on its merits as a cost-effective propulsion system. This section
describes cost models developed for several Farth orbit missions to
indicate where ion thruster technology would best satisfy selected cost-
effectiveness criteria. In general, the goal is the technology that
would produce the lowest mission rost consistent with the reality of
developing such technology. In other werds, from a mission standpoint,
the goal is to determine the thruster (and possibly other) parameters
that would minimize mission cost, and then, through an understanding of
technology limits, recommend a direction that has a reasonable proba-
bility of success.

Two general types of Earth orbit missions were considered:

(1) orbit raising (transportation) of large masses from low (altitude)
Earth orbit (LEO) to higher altitude orbit and (2) stationkeeping and
attitude control of large masses in Earth orbit. Details of the assumed
missions are discussed in "mission (escription" sections. The computer
midels developed are presented in the "general model" sections, which
include descriptions of the mission analysis portions of the models.
Propulsion system performance models, which apply to both types of
missions, are discussed in the orbit raising mission section. Similarly,
power source degradation and redundancy models, which also apply to

both types of missions, are discussed in a single section. Mass and
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cost models are discussed separately for each type of mission becauase
the models and terminology vary somewhar. Results of eacl model are
grouped into two categories: (1) baselinre results using model parameter
values selected as being reasonable compromises between 1977 technology
and future technology and (2) sensitivity results obtained by varying
each major parameter over a wide range of values. Certain combination
sensitivities, obtained by varying two or more parameters, are also
presented in the latter category.

The basic graphical format presents cost as a function of specific
impulse. This format was selected because ISp is one of the most
fundamental parameters in thruster technology. For orbit raising mis-
sions, the cost scale is in terms nf cost per unit mass of net payload
delivered to the destination (i.e., $/kg of payload). For on-orbit
missions, the cost scale is in terms of cost per unit mass of net satel-
lite maintained on orbit per year ($/kg/yr). Other plots are also pre-

sented o aid in understanding the results and the various relationships.

A, ORBIT RAISING (TRANSPORTATION) MISSIONS

To carry out the economics analysis with the cost modeling program
described in this section, a relatively large number of assumptions and
detailed models were required. The orbit raising mission work was
generally oriented toward the transportation of masses from LEOQ to GEQ.
However, this particular transfer is only representative, and other
transfers can be simply handled by the model through the specification
of AV. To further clarify assumptions, two baselines were considered:
(1) matured Shuttle era and (2) large space systems era. Such a dis-
tinction was made to identify differences in thruster technology require-
ments that might result from different launch vehicle sizes and levels of
activity in space. For instance, the matured Shuttle era baseline assumes
a payload size of 25,000 kg, a launch cost to LEO of $300/kg, solar power
cost of $100/W, and a solar power specific mass of 6 kg/kW. The magni-
tude of these factors significantly influences the results of the cost

analysis.
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For the large space systems baseline, it is assumed that the
applications being considered are in the area of highly expanded use of
space, the masses of interest are larger than those of current-day satel-
lites, launch costs are lower, and power sources are lighter and cheaper.
Specifically, masses in the range of 104 to 107 kg are considered. Such
masses would be delivered to LEO by new launch vehicles (e.g., a heavy
1ift launch vehicle) at relatively low cost (810 to SO/kg).lSHZl Power
sources are projected to weigh 3 kg/kW at a cost of $0.5/W. Other dif-
ferences in these two baselines are discussed in conjunctio= with the
results.

Once in LEO, the payload must be placed in anothur orbit. An
electrostatic ion propulsion system, using a solar source, transports
the mass to the specified orbit. Except for characterizing this trans-
fer by AV, the details of the transfer were not considered in this study.
Clearly, many factors must be considered in designing such a transfer
from LEO (e.g., occultation, attitude control, solar array orientation
and vehicle maneuvers). However, the impact of most of these factors
on propulsion system design is through AV. The mission options considered
(such as one-way or round trips) are discussed in Section 4.A.1.

For the orbit raising mission, the propulsion system is part of an
orbit raising vehicle (ORV), shown aschematically in Figure 4-1, which
contains the subsystems (e.g., computers, data handling, communications)
necessary to operate with only limited ground interfacing. Models of
the various elements of the ORV used in this study are described in
Sections 4.A.6 and 4.A.7. As mentioned earlier, the analysis of the
sensitivity of the cost results to the various models was a significant

part of the work.

1. Mission Descriptions

The three types of orbit raising missions considered are shown
schematically in Figure 4-2; they include:
. Self-powered round trip — ORV contains the power scurce to
supply the necessary propulsion power. On the "down trip,"”

the full power 1s used. Power source mass and ceost are
charged to the ORV.
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. Payload powered up; self-powered down — payload is, or contains,
a power source capable of supplying the propulsion power dur-
ing the up trip. On the down trip, the ORV provides its own
power. Up trip power source mass and/or cost may be ~harged
to payload.

. One-way trip (up) - ORV contains the power source, but stays
with the payload on-orbit.

Although many other mission options can be defined, these three should

be representative of a wide range of mission requirements.

a. Self-Powered Mode

In this mode, the ORV may make a given number of round trips
from LEO to a destination orbit (defined by AV) consistent with the
specified ORV life. Propulsion power for both the up and down trips 1is
provided by the ORV, and the power source mass and cost are charged against
the ORV. The number of thrusters required per trip is based on the number
operating, wearout rate, and redundancy for random failures.

Assuming that the use of the ORV for a given transfer is paid
for by a "user," the fraction of the worn out thrusters must be taken
into account. This is done by subtracting from the cost to the user
the fraction of unused thruster 1ife and adding the cost for refurbish-
ment. In this way, each user effectively only pays for the fraction of
the ORV worn out., This approach also eliminates the need to transport
a large number of spare thrusters through many round trips before they
are needed. In addition, propellant for only one round trip is carried
for the same reason. More specific details of this mode are discussed

in the "general model' sectiom.

b. Payload Powered Up-Trip; Self-Powered Down-Trip Mode

Since the ORV mass is generally only a fraction of the payload
mass, and down-trip time may be less critical than up-trip time, signifi-
cantly less power may be needed for the down-trip. 1In addition, many
future payloads mey contain large power sources that could be used on the
up~trip. For such missions, the cost charged to a user might be reduced
since a smaller power source would be paid for as part of the transporta=

tion cost, and the net payload delivered on-orbit is increased.
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c. One~Way Trip (Up)

In certain cases, it might be advantageous to leave the NRV
with the payload on orbit. For thie assumed mode, the power source is
charged to the ORV. The cost results will be comservative if the pay-
load can make use of this power on orbit. Propellant is sized only for
the up-trip, and operaticn of the ORV on orbit would require using part
of the payload for proupellant.

2. General Model: Orbit Ralsing

A logic diagram for the orbit-raising cost model program is shown
in Figure 4-3. This diagram correctly indicates the functional form of
the progsram, but does not necessarily correspond identically with the
computer program listing. Efficient coding and the many details not
shown in this general diagram introduce format variations. A typical
program listing and a discussion of the listing are included in
Appendix C,

Mission mode selection indicated in Figure 4-3 is actually accom-
plished by selecting a few parameters within the program (see the listing
discussion in Appendix C). TFor a given set of mission variables, the
mission computations are started. Propellant mass is obtaized from the
rocket equation (see Eqs. 3-1 and 3-2), Although this equation is not
strictly accurate for low-thrust propulsion, conservatism in selecting

AV tends tec compensate.

Propellant mass can be related to ion beam "jet power" as follows.

The ion beam energy'is

eVb = Ej = g myve o, (4-1)

éj = -% ﬁivi . (4~2)
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Ej = 1on beam kinetic energy

éj = rate derivative of Ej
Pj = total jet power

vy = lom velocity

m, = 1on mass

ﬁi = total ion flowrate,

Total propellant mass flowrate is related to total ion flowrate by

i Mp n, (4-3)

=]
]

M -4
o ptf’ (4 )

=
fl

where tf is the flight time appropriate to the mission being considered
(self-powered, one-way, etc),

v, =-8P° , (4-5)

where N, and Y are as defined in Section 3.A.2. Substituting Eqs, 4-3,
4-4, and 4-5 into 4-2 yields

2
) M (ISEgO)

P, =
k| th (nuYZ)

(4-6)

To simplify the jet power computations, the quantity nuY2 was assumed
equal to one. This approximation, at this point in the calculation,
introduces an ecror of 5 to 10 percent in Pj' However, since the rocket
equationr for computing MP is approximate, AV can be adjusted for con-
servatism, and thruster and PPU redundancy can be adjusted, the approxi-
mation will not significantly affect the results. (Pj 1s used only in
computing the number of operating modules; Pj is divided by Pmod’ where

Pmc:d = Ibv

b')
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The next step in Figure 4-3 is to calculate total propulsion system

input power according to

2
M (g 1)
P s = _I%ﬁ?_ﬁ_Jlﬂ_ , (4-7)
P f ps

where nps is as defined in Eq. 3-8, With the use of nps in Eq. 4-7, the
approximation made in computing Pj is not included in Pps since npS
includes nuYz as well as other efficiencies, Total propulsion system
power is used for sizing the solar power source, as explained in

Section 4,A,5,

The total number of modules needed for the ORV for one trip includes
those operating, redundant modules for random failures, and spares for

wearout if required:

o
N, = N . (Iﬂ%%lz) (1 + R;) (4-8)
Nop = Nmod {1+ Rp) ’
where
Not = total number of thrusters installed in ORV
Nmod = PJ,/Pmod = nurver of operating thrusters
Nop = total number of power processors
mod - 8elected module power (beam power)
TOTRIP = selected up-trip time plus down-trip time
Rt = thruster redundancy
- Rp = PPU redundancy
Lt = thruster life.

If TOTRIP is < L., then TOTRIP/Lt = 1. PPU life is assumed to be long
compared with trip time, and wearout can be neglected. Only enough
thrusters are carried to support one round trip. Those used during the

mission are assumed o be replaced.
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The round-trip modas require an iterative procedure such as
illustrated in Figure 4-3, Initially, the down-trip time is assumed
to be half the up~trip time. Since the down-trip time depends on the
down propellant, which is not known until H is found, the calculations
proceed until the correct down-trip times are found (typically three
iterations), The net payload is obtained by subtracting the down pro-
pellant as indicated in Figure 4-3. M-ss models used to define the ORV

are discussed in Section 4.48,7.

Once a solution to the trip time and payload mass calculatisns ‘s
obtained, cost models are applied to determine the total cost. Details
of the cost models are presented in Section 4.A.6. Total cost divided
by net payload mass is the basic answer sought for each data point.
Generally, this calculation cycle is repeated for a range of I sp 's and
Mo’ flight

for a series of values of a selected parameter (e.g., Pmnd’

time).
Since down propellant is not used for a one-way up-trip, the itera-

tive procedure is not required, and net payload is calculated directlv.
The other difference for one-way trips is the lack of amortization

of the ORY. For multiple trips, a user is charged for only a fraction
of the ORV life. However, for a one-way trip, the total cost is charged
for the one trip. The specifics of the cost allocation are glven in

Section 4.A.7.

3. Propulsion System Performance

The various general equations defining the performance of an EP
system are presented in Section 3.2, The purpose of this section is to
define the assumptions used in simplifying and applying the general
equations to the Earth orbit cost modeling analysis. Since the cost
modeling includes several approximations, simplifications of the per-
formance models are believed to be consistent with the overall modeling
accuracy.

Propulsion system total efficiency (Eq. 3~23) can be written in

the form

Mps = Mg Ne Moo Mo Y© (4-9)
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In the cost model analysis, the followilng assumptions were made to

n, = 0.95
= 0.95
"pp e
Yy = 0.95 (4-10)
b
"e v, + 220

These values are representative of highly developed components (e.g., the

30-cm Hg thruster and PPU) as might be expected from a developnent pro-
59,60

gram. These values are assumed to apply to all propellants counsidered

(Hg, Xe, Kr, Ar), (This assumption will be shown to be justified by the
lack of sensitivity of cost to minor variations in performance.) Using
the values defined by Eq. 4-10, Eq. 4-9 becomes

v

= b 3. (4-11)
Nhs 0.80 (vb n 22;)

Total propulsion system input power, Eq. 4-7, is determined using this
relationship, The relationship between Vb and Isp’ Eq. 3-35, can now
be simplified to

(4-12)

<t
1]

o
——
8ls™

N

I}
ﬁ.‘
[
Lg
~—
=
m
~—

(4-13)

(Kr)

L \2
(E%é)’ (&Y

These relationships (solid lines) are plotted in Figure 4-4. Also shown

It
/‘\
o
l%
o

are lines of constant thruster diameter for a module power of 100 kW.
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Figure 4-4. Isp versus Vb for various propellants.
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To determine thruster size for given beam current and beam voltage

requirements, the considerations illustrated in Figure 4-5 must be

addressed.

Perveance, the proportionality bsatween beam current and beam

voltage, 1s discussed in Sectiom 5.A.

The result of that technology

assessment was used in the cost modeling analysis in the form

where

D

1

A

Ib =

8.19 x 10°8

-1/2 v 3/2

p? A . ,

thruster beam diameter, cm

or, normalized to the 30-cm thruster,

5,22 (%%)2

ratio of atomic wass of propellant to Hg,

» (Hg)

3/2
(—VI—)-—) (Xe)
1000 '
( v 3/2
1000 ’

3/
(i) -
1000 ’

(Kr)

(4-14)

(4-15)

As shown in Section 5.A, Eq. 4-14 assumes a net-to-total accelerating

voltage ratio, "R", of 0.7.

Thermal limits are established by thruster maximum operating tem-

peratures.

show that

Results of the thermal ‘analysis, presented in Section 5.D,

103
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the thermal limit can be expressed in the form

(4-16)
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Figure 4-5. Thruster operating limits.
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Thus, in the process of calculating the size of modules required to
use the selected power, Eq. 4-~15 is used if the current is less than the
thermal-limited value. For example, the cost model calculations select
a module power and an Isp for each data point. Thus, Ib and Vb are
established., If the beam current found from Eq. 4-15 satisfies the

inequality

£

v 3/2 /
b =-1/2
2.33 (_]._0_0_6) p <15 »

then the perveance equation is used to determine beam diameter. If the
inequality is not satisfied, thruster diameter is determined from the
thermal limit equation. Thruster diameter as a function of Isp and
module power is shown for argon in Figure 4-6.

The maximum voltage limit indicated in Figure 4~5 is of practical
significance in developing a thruster. As shown in Figure 4-4, the
maximum beam voltages are below 7 kV for thruster diameters larger than
30 cm. In terms of breakdown, this voltage level may be slightly
inconsistent with the close grid spacing assumptions used to develop
Eq. 4-14. However, most of the calculations for the cost medel involve
lower voltages and should not produce breakdown concerns.

The lower limit shown in Figure 4-5 is of little practical impor-
tance here since maximum power per module is of interest. At very low
beam currents, thruster stability must be considered.

Thruster life is affected by several operating conditions {e.p.,
beam current density, discharge voltage, propellant utilization efficiency).
However, in developing a new thruster for a specific application, a given
life could probably be achieved by selecting operating conditions,

materials, and designs.ﬁl’64

Conversely, present knowledge of thruster
wearout life could be extrapolated to larger diameters by normalizing
to the 30-cm beam current density. For cost model Program purposes,

two thruster life models that assume either constant 1life or a life
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proportional to beam current density have been formulated and described
in the relationship

L =10" ° (4-17)
t

where

W= = 4 or 5 for constant life
or

W= o= 4,4 - 1,27 log (qu)
where

qu = equivalent 30-cm thruster beam current

900
qu Imr.)d (‘D—Z—) '

The model for wv was based on 30-cm thruster life test results. A third
life model that assumes constant ampere-hour life (as used in Section 3)

would predict lives intermediate between the constant life and the beam
current dependent models.

4, Redundancy

In a typical set of cost model calculations (e.g., cost versus IS
as a function of module power), the number of thruster and PPU modules
varies from point to point. To be consistent, each point in this map
should have the same reliability. Since reliability calculations are
somewhat more complicated than simply adding redundancy, an analysis was
performed to assess the error introduced by using a fixed redundancy.
Details of that analysis are included in Appendix D. The basic result
of the analysis is illustrated in Figure 4-7.

For reasonable assumptions on failure rate, standby redundancy, and
operating time, reliability becomes relatively high for large numbers of
modules. Thus, if a redundancy is selected that makes the reliability
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high for any number of modules, little error will be introduced by
assuming fixed redundancy., Based on these results, a redundancy factor
of 20 percent was used for both PPUs and thrusters. Other results shown
in Appendix D illustrate that, even for small numbers of modules (e.g.,
25) and lower redundancy for which the reliability would be reduced, the
final transportation cost is not significantly affected.

5. Degradation

The mission approach used in the orbit-raising mission cost modeling
assumes low thrust propulsion through the Van Allen Belt, The degrada-
tion model used in sizing the solar power source is shown in Figure 4-8,
The model was based on published degradation factors used for silicon
P/N solar cells (curve A).65 Typically, low-thrust missions are expected
to incur degradations in solar array outiut on the order of 25 percent to
50 percent depending on the trajectory.

Since future solar cell or design improvements may reduce degrada-
tion, two additional curves (B and C) were added to Figure 4-8 to reflect
10 percent degradation in array output with equivalent 1 MeV electron
fluxes of 1015 and 1016 cm-z, respectively. This model is also included
in the on-orbit calculations since the long operating times may accumu-
late large dosages even though the flux rate is low.

The power degradation factor used in the model is viewed as an
efficiency:

- final power
npd initial power

Thus, the power used for sizing the power source is
Pror © Pps/npd ) (4-18)
6. Mass Models

'Mass models for the propulsion system and ORV, as defined in Fig-
ure 4~1, are summarized in Table 4-~1. In the cost model program (see

Figure 4-3), net payload is obtained by subtracting the ORV mass from
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Table 4-1. iisss Models Used in Orbit~Raising Cost Model

M = M - M
sp 0 orv

MORV = Mrt + Mrpp + Morp + Mrpt + Mrsm + Mrss + Mrw

35) N

- - 1.
2MN_ = 2 (0,078 D o

Mrt

M = 0.00l a__ P
Ipp PP p8 1+ RP)

where,

0,503 log (P ) + 1,153
[ s(pp) ]

%op T

orp = Mo [1 - exp (-AV/g Isp)]

Hrpt = cr'I‘pt Morp

M = a_ (0.00L P )

Moo= 0.2 [Mrt M M M Mt Mrw]
M., = 100 [1 + 1078 P, *+ (Not/Nop - 1)]

6119

kad

the initial mass. Except for determining total propellant mass, the

calculations do not require iteration.

a. Thruster Mass

The mass assigned to each thruster in the system model makes
an allowance for gimbals and miscellaneous structures by d-ubling the
thruster individual mass. The model for the individual thruscter mass
as a function of diameter is shown in Figure 4-9, A rea.n:able fit to

the data points is provided by

M_ = 0.078 p2*3% o in wa) .
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Thruster total mass is estimated by assuming items such as gimbals and

thruster "array" structure double the thruster effective mass.

1,35

M = 2(0.078 b * ) N » (4"'19)
rt

ot

b. PPU Mass

The historical curve for total PPU mass plotted in Figure 3-4
was converted to specific mass, as shown in Figure 4-10. This curve is

represented by the equation

where

PPP = power processor input power (kW) .
Since the model is only approximate, the computer program assumes
module power, Pmod’ is equal to PPP for convenience, These powers are
actually related by

P (4-21)

mod = 'pplefpp
but PPP is not calculated in the program. This results in a wore con—
servative estimate for Upp than would be obtained if PPP were actually

used in Eq. 4-20. Power processor total mass is then obtained from

M = 1034

P 1+R (4-22)
rpp pp Fps p

PP
PPU redundancy factor.

where ¢_ is in kilograms per kilowatt, PpB is in watts, and Rp is the
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c. Propellant Tankage

Propellant tankage, ircluding valves, lines, and miscellaneous

hardware, is modeled as a fixed fraction of the propellant mass:

Mrpt = 0trpr: Morp ’ (4-23)

where

AV
M M 1l - ex - —_—
orp o) P ( gO Isp)

a tankage fraction
rpt

The baseline cases use arpt = 0.1. Sensitivity studies show that cost

results are not sensitive to the reasonable variations in arpt'

d. Power Source

Power source mass is typically considered in terms of specific

mass (kilograms per kilowatt). Thus,

-3

rw T 0T 0y P o (4~24)
where
Ptot = total installed solar power (W)
o = power source specific mass (kg/kW)

rw

For the matured Shuttle era and large space systems era baselines, o's

of & kg/kW and 3 kg/kW, respectively, were assumed.

a. Subsystems

The model used for ORV subsystem mass is

M = 100lL+ 10 %P

N
rss tot) + N 1 ? (4-25)

where the first term in brackets represents the dependence on power

level, and the second term accounts for complexity added by PPU/thruster
switching, 1In the baseline cases, Not/NOp equals 1.0 because total trip

time is less than the thruster lifetime, and no switching is assumed.
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f. Structure and Mechanisms

The mass of ORV structure and mechanisms is modeled as a
fraction of the sum of the other ORV component masses, including

propellant:

-

M =
rsm ’asm (Mrt ¥ MrPP * Morp * Mrpt T Hes t MrW) - (4-26)

The baseline value of 0.2 was assigned to o throughout thig study,

7. Cost Models

Cost models for the ORV are summarized i- Table 4-2, The overall
objective of these cost equations is to obtain total orbit-raising
cost, Cor' This total cost divided by the net delivered payload Hsp
is the basic final product of each calculation,

The total cost to launch and transport a given payload mass to

orbit is expressed in the form

Cor = Coof C, +C.. + Copt cOpt +Cp + corp s (4-27)
]
where
c = ORV utilization cost factor
oef
Cl = ORV hardware cost
C = cost of thrusters
rt
Copf = fixed cost of flight operations
Copt = time-dependent cost of fligat operations
CE = launch cost to LEO
Corp = cost of propellant

Each of these terms is defined quantitatively in Table 4-2, and each is
discussed below. Many of the subscripts are defined in Figure 4-1.
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Table 4-2.

Cost Models Used in Orbit-Raising Cost Model

G
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orl
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Yt

rp
C
rpt

orp

(9]
i

rsm

o
1
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™

ord

opf

Copt

or

Coef C1 + Cr£+ccpf * Copt +C

(I%":'EI—R + r TOTRIP
orv
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ori rp rpt ram rss W ord

OTRIP
2 [42 x 10° log D] - (1.47 N 0'68)
v ot
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PP op
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M c
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1
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' 0.9
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' -1
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1
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a. ORV Utilization Factor (C )
oef

The ORV is considered to be a icusable vehicle that is rented
to a "user" for payload transport. A user utilization factor has been

included in the form

C = TOTRIP + r TOTRIP , (4-28)
oef L
orv
where
roTRIp = flight time per trip
= ORV useful life
orv

r = 1interest rate .

Part of Coef represents the fraction of ORV useful life (Lorv) charged
to the user. The second part represents interest on the cost of the
ORV during the flight. An ORV 1ife of 2000 days and an interest rate

of 10 percent per year were used throughout this study.

b. ORV Hardware Cost (Cl)

This factor includes recurring costs and development costs

amortized over a given fleet of ORVs.

= h—
C1 Crp + Crpt + Crsm + Crss + Crw + Cori + Cord * (4-29)
where
C = cost of PPUs
rp
Crpt = cost of propellant tankage
C = cost of structure and mechanisms
rsm
C = cost of subsystems
rss
er = cost of power source
orli cost of ORV integration and testing
Cord = cost of design, development, test, and evaluation (DDT&E) .
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Thrusters, propellant, nd operations are not included in C1 because they
are the components that are worn or fully used each trip., These costs

are calculated separately.

N c. Thruster Cost (Crt)

- The relatively large systems being congidered require a large
. number of thruster and PPU modules. The thruster cost model assumes

.. that a mass-production type fabrication approach will be used to reduce
' costs., Furthermore, thruster costs are modeled by a learning curve, in

Wwhich the unit cost decreases as quantity increases in the form

: ! TOTRIP

C., = 2. 1+—%+-ld-+...+ 1u (L ) » (4-30)
- 2 3 N t

ot
where

]

¢' = first unit cost

rt

- o = learning curve parameter
. Lt = thruster life (hours)

. TOTRLP | 1 [TOIRIPY . 4
: Le Le

The last term in Eq. 4-30 is the fraction of thrusters worn out although
this wear is distributed among many thrusters. A user only pays for
those used. The factor of 2 in Eq. 4-30 is fncluded to account for gim-
. bals, structure, and other miscellaneous costs associated with the thius-
.- ters. ALl results were obtained using an 80 percent learning curve,

' giving o = 0.34. This means that the unit cost is reduced by 20 percent
each time the gquantity doubles. For instance, if the 100th unit costs
$100, the 200th unit will cost $80. Since the summation in Eq. 4-29 1is

inconvenient, an approximate equation was derived in the form

N2a ‘
= , ot (TOTRIP -
Cre re o ( L (4-31)

. 2 t
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Thruster first unit cost was obtained from Figure 4-11, which displays
current thruster costs and a projection for future costs. The rationale
used for reducing cosis is thot future systems for Earth orbit missions
will allow reduced fabrication tolerances and greater performance dis-
persions. The close tolerances of present thrusters contribute signifi-
cantly to cost, Using the equation that fits the projected thruster
cost in Figure 4-11, Eq. 4~31 becomes

rt L

c = 2 (4.2 x 10% 1.8 D) (L.47 N2;68) (193313) . (4-32)
t

where D is in cm,

d. Power Processing Unit Cost (Crp)

PPU cost is modeled eimilarly to the thruster using an 80 per-
cent learning curve. The first unit cost was derived by fitting a curve

to cost data for 8-cm and 30-cm PPUs. The PPU cost is then expressed as

0.68

0
) |2

¢  =1.88 x 10° (P
pp

.12
rp (1.47 No

), (4~33)

where

Ppp = power processor input power.

e. Propellant Cost (Corp)

Propellant costs are agsumed to be proportional to propellant

masss

= ' -
Corp = Corp Morp (4-34)

where

1
orp

]

cost per unit mass

$0.4/kg for baseline

f. Propellant Tankage Cost (Crpt)

Tankage costs are assumed to be proportional to tankage mass

using Eq. 4-23
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- )
Crpt Crpt “pt Morp . (4-35)
1
where :
Crpt = tankage cost per unit mass '
= §$100/kg for baseline
apt = tankage factor
= 0.1 for baseline .
8. Structure and Mechanisms Cost (Crsm)

The structure and mechanisms cost model was derived from

consideration of past vehicle costs and has the form

' 0l3
rsm Crsm (Mrsm) ’

L}

C (4~36)

where

= 10* $/kg for both baselines,

1
rsm

Since the details and complexity of these elements would affect their
costs, any general model necessarily must be rather arbitrary. However,
using the model, the sensitivity of overall transportation cost to

variations in structure and mechanisms cost can be evaluated.

h. Subsystems Cost (Crss)

As with structure and mechanisms, the ORV subsystem cost will
be highly dependent on design details. Again, through discussions of

various programs, the following model was assumed:

0.9
= U b=
C s C ss (M s )] ’ { 37)
where
c’ = 10 $/kg for both baseli
585 24 as nes,

Compared with Eq. 4-35, the difference in the exponents reflects the
differences in complexity. If the size of a structure ig increased, the
cost is probably not too strongly affected. However, with electronics,

increased mass certainly means increased cost.
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i. Power Source Cost (Crw)

Power costs are modeled in the conventional form

o o , 4-38
Crw Crw Ptot ( )

where

! = co T t of er
Crw st per unil pow

$0.5/W (large system baseline)
$100/W (Shuttle era baseline) -

Tne $100/W value is only a slight reduction from present technology and
is consistent with goals for solar power source development. The $0.5/W
is about three orders of magnitude less than current technology. How~
ever, such low power costs will probably be necessary to make a large

space system economically viabl: (independent of SEP).

3. Integration and Test Cost (Cori)

This factor is intended to account for ORV recurring costs for

assembly and testing. It is assumed that a fleet of ORVs would be

producéd in a time scrle consistent with production-line assembly. The

cost of such assembly is modeled in the form

ori Céri (Morv - Morp + Tused) ! (4-39)
where
Céri = cost of integration per unit of ORV dry mass
Tused mass of thrusters worn out during one round trip

]

v TOTRIP 1+R
t “mod Lt ( t) )

By including factors for thruster wearout, the user pays only for the
thrusters used (see Eq. 4-30), but must pay for the future installation

of new thrusters.

i
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k. Design, Development, Test, and Evaluation (Cord)

Design, development, test, and evaluation (DDT&E) costs are
included in the model for completeness in the sensitivity analysis. The
form of the relationship,

]
_ ord _ 0.3
Cord - Nr (Morv Morp) ’ (4-40)
is similar to that used for structure and mechanisms. Using the rela-
tively small exponent seems appropriate since Cord should depend on mass
and complexity, but significant non-engineering costs should be largely

independent of mass. The other parameters in Eq. 4-40 are defined as

follows:
c' = DDT&E cost coefficient
ord
= $105 $/kg for both baselines
N = number of ORVs over which DDT&E costs should be amortized

= 10 for both baselines

1. Flight Operations Costs (Copp’ Copt)

These cost factors arise from the philosophy that an SEP ORV
flight would incur both fixed costs (similar to those for a ballistic
transfer) and time-dependent costs due to the multi-month duration of
the flight. For both factors, it is assumed that only the efforts
directly related to the ORV (i.e., not the payload or launch vehicle)
should be charged to ORV cost. Thus, the following values were used

throughout:

Co £ = 105
P (4-41)

3
Copt 10™ TOTRIP .

m. Launch Cost (CR)
This element accounts for the cost of launching the initial

mass from Earth to LEO and thruster refurbishment. The model for CQ has

the form

. (4-42)

= C'
Cﬂ 1 (Mo + T

used)
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where

(o]
1l

cost per unit mass

$300/kg for Shuttle era baseline

[

$15/kg for large system baseline

For the multiple round trip mode, the results are conservative because
the full launch cost was charged to each launch, The $300/kg value is
based on a possible reduction in current Shuttle projections of $500 to
$800/kg. The $15/kg is based on jaunch cost estimates developed for
heavy 1lift launch vehicles. Overall cost sensitivity studies for each

of these quantities are presented in Section 4,A.8,

8. Orbit Raising Large System Baseline Mission Results

Cost model program results are structured around the two baselines
selected to represent near future applications (matured Shuttle era) and
late 20th century applications (large space systems era). For each
baseline, a set of parameters required by the computer model was
selected. Computer runs using variations around this baseline set of
parameters were then performed to study the sensitivity of the results
to various assumptions,

Recall that the goal cf this part of the work is to identify
thruster characteristics and thruster techmology options that have sig-
nificart impact on transportation system overall cost. Although the
model incorporates many anticipated technology limits (e.g., thermal,
ion optics), the sensitivity studies also include parameter variations
that might require violation of presently expected limits. Thus, inter-
pretation of the final results in terms of new directions in technology
will require certain qualitative judgements to temper the "black or
white" computer answers.

initially, the cost model analysis was directed only toward large
space systems. Later, the Shuttle baseline was included to provide a
link between the present potential applications of the 30-cm thruster to
relatively small satellites and to far future systems of.the solar power
satellite typec. Many of the parameters studied in the large system base-

line sensitivity analysis proved to be relatively unimportant. Thus,
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the number of runs needed for the Shuttle baseline analysis was signif-
lcantly reduced. For convenience in presenting the results, the large-
system baseline is discussed first; the Shuttle baseline follows, draw-
ing on similarities with the large system baseline to reduce duplication.
To simplify the designation of the baselines and to distinguish
between various orbit raising and on-orbit missions, the following

ubbreviations are used:

OR = orbit-raising {transfer) mission
ORS = gelf-powered orbit-raising mission
ORP = payload powered orbit

ORO = one-way orbit-raising mission

00 = on-orbit mission

LS = large space system era baseline

MS = matured Shuttle era baseline.

Within the OR/LS category, there are three modes (see Section 4.A.1):
self-powered, payload powered, and one-way. TFor these, an additional
descriptor is used, as indicated above. The self-powered mode is used as

the baseline, and most sensitivicies were investigated ugsing *his mode.

a. Large Space Systems Era Baseline

A summary of the large system baseline parametei values is
shown in Table 4-3 for use with the mass and cost equations listerd in
Tables 4~1 and 4-2, respectively. All of these parameters were pres-
ented in previous sections, The selection of these particular values
was accomplished through discussions with NASA LeRC personnel and
reviews of preliminary results, Argon propellant was assumed because
of the large quantities required.

The results obtained with the computer cost model are catego-
rized as indicated in Table 4-4. The general category presents the
baseline results and several breakdowns of mass and cost to show the
contributions of the various model elements. The other categories were
selected for the sensitivity studies. In each case, the parameter of
interest is varied about the baseline value with all other parameters

fixed. The results are presented below by category. &
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Table 4-3,

OR/LS Baseline Cost Model Parameters

mod

ot

op

'

¢ rpt
pt

C'
orp

J
€ opt

rsm

ord

rss

1l
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Argor Propellant
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150 days
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nen

2000 days
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5 0.12
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PPU redundancy
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Cost per kg of tankage
Tankage factor
Propellant cost per kg
Time-dependent cost
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DDT&E cost amortized over
10 ORVs

Cost of QRV subsystems
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Table 4-3. OR/LS Baseline Cost Model Parameters (Continued)

C e = $105 Cost not associated with
op electric ORV
ups = 3 kg/kw Specific mass for power

?
Cg = $15/kg Launch cost per kg to LEO
r = 10%/yrx Interest rate

6119

b. OR/LS General Results

The typical data format and results for the baseline condi-
tions are presented in Figure 4-12. The 100-kW curve represents the
baseline case, while the other module power curves show the general
cost trends with module power. Lines of constant thruster diameter
imposed on the power curves indicate the general relationship of size
to cost and Isp. Unless otherwise marked, all data was developed using
the baseline parameters.

The shape of the curves in Figure 4-12 is the result of
changes in many parameters. Figures 4~13 through 4-16 are provided to
aid in the interpretation. Breakdowns of the cost model and mass model
elements as a function of ISp are shown in Figures 4-13 and 4-14, respec—
tively. In addition, plots of total cost and of cost per kilogram as a
function of payload mass are presented in Figure 4-~15. An additional
aid in interpreting Figure 4-12 is the number of thruster modules (N )
required, as shown in Figure 4-16.

At low Isp, the steep slope of all the curves in Figure 4-12
is primarily due to the rapidly increasing payload. Since, as shown in
Figure 4~15, total cost is relatively constant, the reduction in payload,
due to increases in other masses as I sp decreases dominate the low I
region. (Payload is derived by subtracting the ORV mass and propellant
from the initial mass in LEO.) The mass elements that increase wiin
decreasing ISp are, as shown in Figure 4-14, thrusters, propellant (up

and down), and structure and mechanisms, Structure increases because
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Table 4-4. Data Run and Sensitivity Study Categories, OR/LS Baseline

General

P

Cost/kg versus I mod

Cost breakdown
Mass breakdown

Sp;

Cost/kg versus payload mass

Number of modules

Mission design sensitivites

AV

Trip time (up-trip)
Initial mass
Launch cost

Thruster sensitivities

Life
Efficiency
Mass

First unit cost
"R" ratio
Redundancy

Propellant sensitivities

Type
Cost

5.

PPU sensitivities

Mass
First unit cost
Redundancy

Power source sensitivities

Mass
Cost
Degradation

ORV system design sensitivities

Structure and mechanisms
Subsystems

Integration and testing
DI"T&E

Flight operations

Payload powered options (ORP)

Power fraction

One-way trip options (ORO)

AV

Trip time
Initial time
Launch cost

6119
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Transportation Costs per kg of Payload, $/kg

10

10

725444

THRUSTER
SYMBOL  DIAMETER
+ 30 cm BASELINE
0 60
2 100
: 150
LEGEND APPLIES TO ALL
FIGURES IN SECTION 4

1

ISP X 10 7, sec

Figure 4~12. ORS/LS effect of module power.
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Figure 4-14. ORS/LS mass element breakdown.

132



Sime]

[
. 1

# ey

Bowe oy

TRANSPORTATION COST PER kg OF PAYLOAD, $/kg

1000

g

1264471
8
[ | 1T T T T1T3°%%
B BASELINE N
— CONDITIONS —

TOTAL TRANSPORTATION COST, $

10
109

Figure 4-15.

106

106
PAYLOAD MASS, kg

ORS/LS iotal cost and cost/kg versus payload.

133



Number of Thrusters

7264-48

104,
P =
MINIMUM mod™ 20 KK
-+ THRUSTER DIAMETER
30 cm BASELINE
3 ~N
10° L
1027
T
10

Isp x 107, sec

Figure 4-16. ORS/LS total number of thrusters versus IS .
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the model assumes a proportionality to total ORV mass which increases
rapidly as ISp decreases., Another significant point is ifllustrated in
Figure 4-16. In the low Isp area, large thruster diameters are
required, even for the 20-kW and 40-kW modul:s, Since a thruster diam-
eter of less than 100 cm would be desirable, aid since the number of
modules is high (500 to 1000) for low module power, a 100-kW module for
the baseline is reasonable,

Moving to the high ISp end of Figure 4-12, total cost (Fig-
ure 4-13) is increasing while payload mass (Figure 4-14) is decreasing.
The basic cause of both of these changes is the increased power associ-
ated with higher Isp' Even with the low cost of power assumed for the
baseline, raw power and PPU costs are important at high Isp'

The most cost-effective range of ISp for the ORS/LS baseline
is from about 4,000 to 10,000 sec (Figure 4-15). The transportation
cost per kg of payload decreases rapidly as ISp increases to 6000 sec,
As explained above, this occurs because payload mass is increasing rapidly.
At higher values of Isp’ the specific cost increases again. This occeurs
because the payload mass is nearly constant while the costs, mainly for
power and PPU, are increasing, Similar comments apply to the total cost
as a function of payload mass. At the low end of this range, relatively
large diameter thrusters or low-power modules would be needed. However,
substantial cost penalties are incurred at low module power., The region
around 8,000 to 9,000 sec ISp and a module power of 100 kW provides a
good compromise between low cost and thruster diameter, Lower module
power would allow smaller diameters, but at a higher cost. Higher
moc¢.ale power would reduce costs, but would require larger diameters;
modules of even 100 kW will present a challenge for test facilities.
These preliminary conclusions will be discussed further in light of

the sensitivity results presented below,

c. Migssion Design Sensitivities

The sensitivities reported in this section are for variations
around the baseline self-powered ro:nd-t+ip mission. Other mission
options are presented in Section 4.A.8,1. The sensitivities to mission

AV, trip time iritial mass in LEO, and launch cost can be summarized

as follows:
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® AV Sensitivity. The transportation cost sensitivity to vari-
ations in mission velocity requirements (AV) 1s shown in
Figure 4-17 to be about $5/kg per km/sec at 9000 sec. This
translates into a cost of $4 x 106 rer km/sec for a payload
of 8 x 105 kg.

. Trip Time (Up-Trip) Sensitivity, Asg Fipure 4-18 shows, trans-
portation cost is relatively insensitive to trip times longer
than 100 days. Short trip times require that a larger frac-
tion of the initial mass be devoted to propulsion and cost per
kilogram of payload increases. 1In the 50 to 100 day interval,
at 9000 sec, the sensitivity is approximately 0,2 $/kg day.
With a payload of 8 x 103 kg, the cost of reducing trip time
below 100 days would be about $1.6 x 105/day. There is obvi-
ously a large incentive for allowing more leisurely trips.

. Initial Mass (in LEO) Sensitivity. The rather significant
effect of initial mass is illustrated in Figure 4-19. Quanti-
tative sensitivitiesg will not be assigned for this case
because of the nonlinear variations. This behavior occurs
because of certain fixed costs and costs that do not scale
linearly with mass. However, it can be shown that the abso-
lute cost sensitivity (i.e., $/kg of Payload) to variations in
initial mass increases with decreasing payload.

. Launch Cost Sensitivity. A major cost sensitivity factor ig
the cost of launch from Earth to LEO. As Filgu:e 4-20 shows,
the sensitivity to variations in Cy is about 1.3 $/kg (payload)
per $§/kg (initial mass) of launch cost, Since launch cost is
a dominant factor, as shown in Figure 4-13, the results will
be extremely sensitive to this value, Although increasing Cy
shifts the curves to higher levels, the basic curve shape
changes only slightly. (This is also generally the case for
AV, M,, and tf.) This fact is important in assessing the
impact on thruster technology (i.e., recommended thruster size).

d. Thruster Sensitivities

The factors listed in Table 4-4 represent the major variables
related to thruster technology. Note thar all the parameters in the
cost model are fixed, while the variable being considered 1s changed.
Thus, all the perturbations (except for category 8 in Table 4~4) are
relative to the 100-kW curve in Figure 4-12, Sensitivity to thruster

related variables are summarized below:

) Thruster Life. This sensitivity is shown in Figure 4-21 for
two constant life models and a beap current dengity dependent

longer life have essentially no effect on cost; shorter lives,
as implied by the beam current dependenc model, have an effect
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Transportation Cost per kg of Payload, $/kg
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Figure 4-18,

ORS/LS effect of trip time (up trip).
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Transportation Costs per kg of Payioad, $/kg
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Transportation Costs per kg of Payload, $/kg
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Figure 4-20. ORS/LS effect of launch cost.
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Transportation Costs per kg of Payload, $/kg
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Figure 4-21, ORS/LS effect of thruster life.
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As an example of the sensitivity of cost to lives shorter than
104, consider the baseline region discussed in Section 4.A.8.b.
At 9000 sec, the 100-kW module has a diameter of about 55 cm and
beam conditions of 50 A at 2000 V (see Figure 4~4). With the
beam current dependent model, a life of about 815 hr is pre-
dicted. Since the cost difference 1s about $8/kg, the ratio
of cost change to life change is approximately 9 x 10-4

$/kg/hr of 1ife. Thus, for a typical payload of 8 x 109 kg,
the absolute ratic would be » $70G/hr. Ir other words, in
developing a new thruster for the ORL/LS &; ‘ication, if the
cost to achieve thruster lives longer than v 1000 hr is less
than $700/hr, the increase would be cost effective. Since

this ratic is noulinear and is probably substantially less
near 104 hr, a life goal of a few thousand hours would prob-
ably be reasonable. The main point to be made is that

thruster lives of a few thousand hours are quite acceptable

for the assumed applicaticn.

Thruster Efficiency. Cost sensitivity to thruster (or system)

efficiency is shown in Figure 4-22. The baseline efficiency,
as discussed in Section 4.A.3, is only moderately optimistic.
It assumes that electrical losses, utilization efficiency,
and correction factors can be maintained at the same values
as for the present 30-cm thruster with a 2 A beam. At higher
beam current densities, measured utilization increases while
the correction factors decrease, tending tc ncoduce a constant
total efficiency. The probability is low for achieving effi-
ciencies higher than the model predicts. The probability is
moderate for slight reductions in the model predictions. But
the probability is low for efficiencies significantly lower
than predicted.

Thus, the results indicated in Figure 4-22 show that system
cost should not be too sensitive to reasonable changes in
efficiency. More specifically, efforts to increase efficiency
are not warranted, and minor reductions from the predicted
values will not substantially affect cost.

Thruster Mass. Cost sensitivity to thruster mass is shown in
Figure 4-23, Except at low Igpy thruster mass variations

from 0 to 200 percent of the baseline value have lirtle impact
on total cost. Such an effect is explained by the small frac-
tion thrusters contribute to QRV total mass. In developing a
new thruster, mass could be traced for other factors such as
larger fabrication tolerances, lower cost, or increased life.

Thruster Cost. The sensitivity to thruster first unit cost is
shown in Figure 4-24. Small variations around the baseline
have little impact on tramsportation cost, although signifi-
cant increases in cost would begin to be important,
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Transportation Costs per kq of Payload, $/kg
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Figure 4-22, ORS/LS effect of thruster or propulsion system
efficiency.
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Transportation Costs per kg of Payload, 3/kg
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Figure 4-23. ORS/LS effect of thruster mass.
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Transportation Costs per kg of Paylead, $/kg
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Figure 4-24. ORS/LS effect of thruster cost.
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P Ion Optics "R" Ratio. The R ratio, defined as the racio of
beam voltage to total voltage, plays a role in defining per-
veance., At a fixed beanm voltage and thruster diameter, the beam
current that can be drawn from a given thruster varies inversely
with the R ratio to the 3/2 power. As shown in Figure 4-25,
even with ratios as low as 0.4 (0.7 is typical), transportation

COsts are not strongly affected. The major effect is in thruster

diameter, since the power (thrust) Per unit area also varieg
inversely with the R ratio to the 3/2 power,

® Thruster Redundancy. The baseline redundancy used in the cost
model is 0,2, Variations from 0 to 2.0 (200 percent redun-~
dancy) have, as illustrated in Figure 4-26, only a minor
effect on cost. Thus, the ORV can be designed to meet any
given reliability requirement with little impact on cost
(particularly since 0.2 provides good reliability),

e. Propellant Sensitivities

Twoe propellant parameters were investigated; Propellant type
and propellant cost, Propellant tankage mass and tankage cost sensitiv-

ities were omitted because tankage mass is such a small fraction of

transportation cost.

(1) Propellant Type — Four propellants (argon, krypton,
Xenon, and mercury) were considered, as shown in Figure 4-27, Although
the same cost was used for all propellants in Figure 4-27, the lack of
sensitivity to type is valid. The $0.4/kg cost is representative of
argon but is low for the other propellants. With higher costs for
He, Xe, and Kr, the cost curves will compact even more. The primary
difference between the various Propellants is thruster diameter at a
glven Isp if module power is fixed. For a ‘constant: module power of
100 kW, the ISp for a2 30~cm thruster would range from about 16,000 sec
with argon to about 7,000 sec with Hg as shown in Figure 4-4. Propellant
choice must be made on a basis other than its impact on transportation
cost (e.g., environment, availability, thruster development, or

pPackaging).
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(2) Propellant Cost — The transportation cost sensitivity to
propellant cost per kilogram is shown in Figure 4-28 for argon. For
Isp's in the range of 3,000 to 9,000 sec, propellant cost can affect
transportation cost. However, for Isp's greater than 9,000 sec, the
dependence on propellant cost is rather small and should not influence

ORV or propulsion system design.

f. Power Processing Unit Sensitivities

The variables considered in the PPU study include specific
mass, cost, and redundancy. PPU life was assumed to be long compared
with ORV life, and wearout is negligible. 1In addition, PPU efficiency
was omitted since the sensitivity result would be similar vo that shown
in Flgure 4-22,

(1) PPU Specific Mass — The results presented in Figure 4-29
indicate that mass decreases from the baseline would not significantly
reduce transportation costs., However, large increases in mass from the
baseline would have a major impact. In the region of 9,000 sec, the
transportation cost sensitivity is about $3/kg/unit change in app (gase-
line value at 100 kW is 1.4 kg/kW). Thus, with a payload of 8 x 10~ kg,
the sensitivity is about $2.4 x 106 per unit change 1in app' Such sen-
sitivity would probably provide incentive to maintain low specific mass
or to reduce specific mass if initial developments are significantly

higher than the baseline.

(2) FPPU Cost — The importance of PPU first unit cost is
shown in Figure 4-30. At 9,000 sec the sensitivity of transportation
cost to PPU cost is about $0.07/kg/percent change in PPU unit cost.
in absolute terms with 8 x 105 kg of payload the sensitivity is about
$5.6 x 104 per 1 percent change in PPU cost., Since the PPU cost model
is probably accurate only within a factor of two (i.e., from 1/2 to 2
times the model estimate), a 100 percent increase in PPU cost would be

quite significant.
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(3) PPU Redundancy — The effect of PPU redundancy is more
dramatic than for the thruster, as shown in Figure 4-31, since PPU cost
represents a larger fraction. However, with reasonable redundancy fac-
tors (i.e., less than 1.0), transportation cost will not be affected

significantly.

E. Power Source Sensitivity

Power source mass and cost are among the most sensitive param-
eters in the present cost model as well as in essentially all SEP appli-
cations, These factors and degradation are considered here. However,

under category 6 in Table 4-4, other power sensitivities are presented.

(1) Power Source Specific Mass — As indicated in Egq. 4-24,
solar power source mass is the product of specific mass (kg/kW) and
total installed power (for propulsion). Transportation cost sensitivity
to specific mass is shown in Figure 4-32. Current technology is about
15 kg/kW, but projected advances from the literature were assumed in
selecting the 3 kW/kg baseline. Using the 9,000 sec point again as a
reference point, the transportation cost sensitivity is about 4 to 5 $/kg
per unit increase is specific mass. With a payload of 8 x 105 kg, the
sensitivity is $30 to 40 x 106 per kg/kW. Clearly, there is a strong

incentive to minimize power source specific mass.

(2} Power Source Specific Cost — Sensitivity to power source
specific cost ($/kW) is shown in Figure 4-33. Although the baseline of
$0.5/W is about a factor of 103 less than current costs, studies of large
power systems project such substantial reductions in the next few decades.
The sensitivity at 9,000 sec is about 5.5 $/kg per unit change in power
cost, or 544 x 106 per $/W of power. This extreme sensitivity places a

large premium on low-coat power for this application.
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(3) Power Source Degradation — It is assumed that the power
source utilizes some form of photovoltaic conversion. In raising the
orbit through the Van Allen belt, degradation may occur depending on the
array design and on projected improvements in cell technology. The
impact of degradation for two equivalent flux levels is shown in Fig-
ures 4-34 and 4-35. As defined in Sectiom 4.A.5, curve A is representa- i
tive of current technology, while curves B and C are assumed parametric
improvements. At the 9,000 sec point, the sensitivities are about 0.3

and 0.5 $/kg per 1 percent change in degradation at 1012 and 1016

equiv-
alent flux, respectively. These convert to absolute sensicivities of
2.4 x 105 and $4 x 105, respectively, per 1 percent change in degrada-
tion. Although improvements in degradation are not quite as beneficial
6

as cost or mass improvements, costs in the range of $2 to 8 x 107 would
be ineurred if degradation followed curve A or B rather than the assumed

baseline.

h. ORV System Design Sensitivities

This category includes some of the system factors that would
go into developing and building an ORV, as indicated in Table 4-4. Since
most of thé values selected for tlhese factors are rather arbitrary, the
main importance of this particular set of results is in assessing which
factors might have the most influence. With such sensitivity informa-
tion, a more logical or balanced direction of thruster technology can be

chosen.

(1) Structure and Mechanisms Sensitivity — As Figures 4-36
and 4-37 show, within reasonable bounds, structure and mechanisms param-
eters (C;sm and usm) have little effect on transportation cost. Combin-
ing high mass fraction and high specific cost would have a greater
effect but would mot greatly influence the curve shape or thruster

selection:

(2) S-msystems Sensitivity -- Because of the large exponent
used in the subsystems cost model (see Eq. 4-37), subsystem cost can
strongly affect transportation cost, as shown in Figure 4-38. Again,

the shape of the curves is not greatly affected over a rather large
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range of specific costs (C;ss), and thruster selection will not be
influenced. However, this sensitivity shows that ORV electronics com-

plexity should be minimized.

(3) ORV Integration Sensitivity — In the range of C' i from
0 to $100/kg, transportation cost is not strongly affected, as Fig—
ure 4-39 shows. As a figure of merit for assembly-line-type operations,
automobiles are probably assembled for about $1/kg. The baseline
selected was an order of magnitude greater, but even costs up to $100/kg
would have only a minor effect on total cost. However, a more significant

impact would be introduced if integration and testing exceeded $100/kg.

{4) DDTS&E Sensitivity — Design, development, test, and evalug~
tion are always a large program cost factor. However, as shown in Fig-
ure 4-40, unless the coefficient C;rd is raised, and the number of
vehicles is reduced, each by an order of magnitude, DDT&E is not a large

influence en overall transportation cost.

(5) In-Flight Operations Sensitivity — Operations cost param-
eter results are shown in Figures 4-4]1 and 4-42, Ag Figure 4-4i shows,
fixed operations costs above $106 would be needed to greatly change the
results. For time-dependent costs, the daily rate would have to exceed

'$104 to have an impact. Since a man-day might conservatively cost $400,
$10 would imply 25 people/day or about 8 people on 3 shifts. It geems
unlikely that a significantly greater number would be necessary on a

continuous basis.

i. Payload Powered Option Sensitivities

The results presented thus far have assumed the self-power
(ORS) option discussed in Section 4.A.1. The option considered here
involves uging power from the payload (e.g., a power satellite segment)
for the up-trip, but using ORV power for the down-trip (ORP option). 1In
this option, a fraction of the up~trip power (calculated as hefore) is
assumed for the down-trip. The ORV was charged (mass and cost) only for
this fraction. Then, the down-trip time is dependent on the available

power. Three cases for this option follow.
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ORP baseline conditions are shown in Figure 4-43. Down-trip Powers from
10 percent to 100 percent (ORS baseline) of the up trip were assumed,

The total transportation cogt is minimized with a fraction of about

50 Percent, and ig highest at 1g pPercent. The 50 Percent fractiop
reducee the QRY Power source mags ang cost, and increaseg Payload. Down-
trip time increases, but onlv about 50 Percent. At logy fractions, down-
trip time becomes extremcly long, and 80 time-dependent factors become
important. In the Isp range of interest (8,000 to 12,000 sec), thig

s

with 3 kg/kW in the baseline, The results shown in Figure 4-44 indicate
a slight shifs from the resulets ip Figure 4-43, The benefit to the ORV
of not being charged for the heavy power source shifts the "optimum"
fraction toward the 25 percent level. However, €Xcept at low T » all

sp
fractions reduce transportation cost, Particularly at high IS .

(3) ORP Power Fraction Sensitivity with High-Cogt Power

; ; but all fractions reduce COBt compared to the baseline. Considering
. the résuits of Figures 4-43 through 4-45, higher costg would tend to
| make the QORP Option even more cost effective than the ORS option.

J. One-Way Trip Option Sensitivities

[ The third mission option (ORO), ore~way trips from LEQ to

. higher orbit, allowg the ORV to remain with the Payload on orbit, Since
the ORV cogt is then charged to a single trip, the transportation cost
is higher thap for multiple trips. One~way trip sensitivities are pre~
5' sented for AV, trip time, initigl mass, and launch cost; in each case,

v the benefit of including the POWer source in the pPayload is assesged,
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(1) ORo AV Sensitivity .- Cost sengitivities are Presented in
Figures 4-46 and 4-47 for AV for ORV-suppliea power and payload-supplied
power, respectively. The difference between the two ORO modes varies
from about 20 percent at 4 km/sec to about 50 percent at 10 km/sec, with
the selfwpowered costs being greater. The difference between the ORS

of 3.5 in transportation cost, Thus, the reuse capability of ORS has
a substantial cost benefit,

(2) ORoO Trip Time Sensitivity — Cost sensitivities to trip
time for the two Power source cases are shown in Figures 4~48 and 4-49,
For trips of 100 days or more, the differences are of the same magnitudes
described for AV sensitivity, However, for a 50=-day trip time, in the
ORV-powered mode, the one-way trip cost increases significantly (to
v 7.5 times the ORS cost of Figure 4-18). This different nature for
low trip times is associated with power, as illustrated by the comparison
between Figures 4-48 and 4-49,

(3) ORO Initial Mass Sensitivity — The cost sensitivity to
initial mass variations for the two ORO~powered modes are pPresented in
Figures 4-50 and 4-51, The difference between the ORS option (Figure 4-19)
and the ORO ORV-powered option ig about 3.5 to 4.0, However, between
the ORO modes, the Payload-powered mode ig only about 10 percent cheaper
at 104 kg, but is about 40 percent less at 107 kg,

(4) ORO Laun-n Cost Sensitivity - Cost sensitivity to launch
cost is shown in Figures 4-52 and 4~53 for the ORV-powered and payload-
powered modes, respectiviely. A comparison of Figures 4-20 and 4-52
shows that the one-way trip becomes about 3 times more expensive for
the baseline valye, If power is charged to the payload (Figure 4-53),
the transportation cost will be about 10 percent less at $100/kg and
30 percent less at $1/kg than the self-powered mode (Figure 4-52).
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9, Orbit Raising/Shuttle Era Baseline Mission Resultsg

The MS era baseline ig intended to provide a link between present
J0-cm projected applications and L§ applications, which are pProbably
several decades away. The differences between ths LS and MS babelines
are characterized by the seven parameters listed in Table 4-5 with all
other values as defiped in Table 4~3. The new values were selected on
the basis that (1) power technology would be lesg advanced than that
projected for the L§ baseline, (2) launch would utilize the shuttle
(this limits the initial mass to about 25,000 kg and increases the
specific launch cost), (3) for smaller systems, lower power modules
should be considered, and (4) the ORV fleet size would not allow

production-line assembly, which would raige integration costs.

a. OR/MS General Results

The general characteristice of the OR/MS baseline results are
showm in Figures 4-54 through 4-58. The effect of module power i¢
shown in Figure 4~54 for the range from 5 to 80 kW. The most obvious
change from the OR/LS results shown in Figure 4-12 1s the order of mag-
nitude shift in transportation cost to .about $1,000/kg. Other differ-
ences include reduced gsensitivity to module power level and increased
slope to the right of the cost minima. With Xe for a propellant, reason-
ably sized thrusters (1.e., diameters of less than 100 c¢m) are closer
to minimum cost than with argon. At about 5,000 8ec, a 80-kW, 60-cm
thruster would be close to optimum. Although the sensitivity to module
size appears to be small, the compressed logarithmic scale ig deceiving.
In the region of minimum cost, the sensitivity is about $0.44/kg per cm
of thruster diameter. For a payload of 18,000 kg (Figure 4-56), the
absolute cost is about $8 x 104/cm. Thus, the difference between a
30-cm and a 60-ecm thruster produces a transportation cost difference of
$2.4 x 106; the cost difference ig about 85,4 x 106 for a 30-cm to 100~cm
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Table 4~5. OR/MS Baseline Cost Model Parameters?

Pmod = 20 kW
3
M = 25 x 107 kg
o
t =
Cori $40/kg
L]
Crw $100/wW
g = 6 kg/kW
C2 = $300/kg
= Xenon

Propellant

Module power

Initial mass in LEO

ORV integration and testing
Cost of ORV associated power
Power source specific mass

Launch cost to LEO

2A11 other model parameters are the same as those in Table 4-3.
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Figure 4-57. OR/MS cost/kg versus payload.
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difference. S;nce this cost is per roundtrip, the investment in
developing a larger thruster would be well rewarded.

Cost and mass breakdowns are presented in Figures 4-55 and 4-56
for the OR/MS baaeline‘_ Transportation coéf is now dominated by launch
cost and power cost with PPU cost third. Total cost ig of cheqpame
magnitude ($2 x 107) as for larger Payloads in the OR/LS Baseline. The
masg breakdown is similar to the OR/LS case with propellaﬁt and thruster
masq dominating at low Isp’ and power and PPU masses domiﬁating at high
Isp' Cost as a function of payload mass, shown in Figuge-4-57, indicates
the most cost-effective region to be around 5000 sec. As a reference for

thruster requirements, Figure 4-58 shows the number of thtuatera required

- as a function of Isp‘and module power. Also shown are lines of constant

minimum thruster diameter.

b. Power Source Sensitivities

Since power is a major contributor to. cost and mass, varig-
tions in these areas are also significant, as shown in Figures 4~59 and
~60. The relative cost senaitivity to changes in specific power costs,
at 5000 sec, is about $3.5/kg per $/W. With an 18,000-kg payload, the
sensitivity is $6.3 x 104 per $/W. Thus, if the power cost uncertain-
ties were on the order of $50/W, the transportation cost would be

- uncertain by about $3 x 106'(i.e., +15 percent of the total cosﬁ).

Specific mass sensitivity, at 5000 sec, is about $3/kg per
kg/kW of specific mass. Thus, an uncertainty of 2 kg/kw with an
18,000 kg payload results in a transportation cost uncertainty of

about $1 x 105. In this case, specific mass is probably not as impor-
tant as power cost, | |

c. Initial Mass Sepsitivities _
' % to 105_kg, as mighﬁ be provided by one or
a few Shuttles, the transportation cost is only moderately sengitive to
initial mass as shown in Figure 4-61. . At 5000 sec, the cost sensitivity

is about $0.002/kg per kg of initial mass. With an 18,000_kg payload,

In the range of 10

this translates into a sensitivity of_abdutk$30/kg_of initial mass, Thus,

if a Shuttle could deliver only 2.5 x 104 Eg per tfip, a cost-effective
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18,000 kg payload would be uncertain by about $3 x 10",

approach would be to deliver several Shuttle loads to LEO before tramsport.
Using the above values, transporting four 2.5 x 104 kg loads in one ORV

trip would effectively reduce the total trip cost by $30/kg or by $3 x 106.

d. Launch Cost Sensitivities

The effect of launch cost on total transportation cost is shown
iu Figure 4-62 to be quite significant. The sensitivity around the base-
1ine at 5000 sec is about $1.6/kg per $/kg of launch cost., With an

uncertainty of 100 $/kg in launch costs, transportation costs for an
_ 6 . ;

e. Integration and Testing Sensitivity

With the higher baseline values for power and launch cost and
the low initial mass, variation of integration costs become relatively
insignificant, as Figure 4-63 shows. Integration costs significantly

above $100/kg would be required to affect overall transportation cost.

B. ON-ORBIT MISSION

The basic philosophy used in the orbit-raising analysis is applied
to the on-orbit mission cost modéling. With only‘minor exceptions, the
mathematical formulation follows the orbit-raising equations. However,
the results of the on~orbit modeling are expressed in terms of the total
cost of providing propulsion per unit of satellite mass per year. This
figure-of-merit, which includes the cost of transportation from Earth to
GEO, produces a convenient normalization and a final number of tractable
size (typlcally in the range of 5 to 500 $/kg/yr).

Applicable portions of the orbit-raising analysis are nox repeated
in this section. Specifically, the propulsion system performance,
redundancy, and degradation sections are not duplicated. In addition,
in describing the on-orbit computer model iogic, the mathematical por-
tions are referred to the corresponding relations in Section 4.A. |

Terminology and general definitions used in the on-orbit analysis
are presénted in Figure 4-64. This diagram is identical with that
shown in Figure 4-1 except for terminology. For the on-orbit mission,
the satellite stationkeeping and attitude control functions are pro-
vided by the EP system (i;e., the OOP). ‘A power source mass allocation
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is applied to the 00P, although in most cases the power source physically
would be part of the basic satellite. Depending on the satellite design,
the power source might be required only part. of the time and could be
used by the satellite during non-propulsion periods.

1. Mission Description

The on-orbit mission is illustrated conceptually in Figure 4-65.
The 00P is shown 88 a unit, but in most applications thrusters would be
placed at widely separated locations to provide moment arms for attitude
control. In general, the number and location of thrusterg,installed
would depend on satellite size and control requirements. Since such
satellite design variables cannot be easily modeled, an alternate
approach using estimated AV requirements is included in the on-orbit
cost model, as discussed in Section 4.B.2.

As iIn the orbit raising analysis, specific details of the orhit
(such as altitude, inclination, or eccentricity) are not directly
included in the model. It is assumedltha; the AV selected will ade-
quately characterize mission requirements. The sensitivity of results
to AV is discussed in Section 473.5. Choosing a conservative AV should
produce a conservative final fésult,since the total prupulsion system
and propellant scale with AV. For iarge satellites, the forces and
torques illustrated in Figure 4-65 are significant contributors to AV.
An on;orbit AV model is discussed in Appendix E.

2. On-0rbit Mission General Model

The logic diagram for the on-orbit mission is shown in Figure 4-66.
Comparing Figure 4-66 with Figure 4-3 indicates that the only signifi-
cant difference in logic is the down trip option included in the orbit-
raising analysis. The mathematical formulation, except for details of
the cost and mass models, is the same as that presented In Section 4.A.2.

The starting point is the definition of the mission in terms of
mission life, AV, and satellite mass. Satellite mass and size (area)
must be considered in estimating AV (see Appendix E). The basic vari-

able, Isp’ is used in a looping process to develop cost results as a
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function of Isp' Various parameters defining the mission (life, Ay,
Mbs, ete.), propulsion system performance, cost, and mass are then indi-
vidually selected for sensitivity analygis,

Payload mass is considered to be the difference between satellite
total (initial) mass and 0Op mass. Total cost of providing propulsion
for the sate'ilit:e is then divided by mission 1ife and payload mass to
aobtain cosfta‘ in terms of §/kg/yr.

3.  Mass Models

Mass models for the on-orbit mission are summarized in Table 4-6.
With minor exceptions, these terms (defined with ORV subscripts) are
identical to thoge discussed in Section 4.A.6. A brief review is pre-
sented here to indicate the équation used for model calcuiations. (The
Program listings can alsc be . consulted as g simple reference,) Total
O0P mass is defined by

Moop = M, + Mo * Mop * Mope + M+ LS (4=43)
where

-Mot = mass of thrusters (Eq. 4-19)
Mopp = mass of PPUs (Eq. 4-22)
Mop = propellant masg

= M [1 - exp (- AV/go Isp)]
Mos = 8atellite initial mags ‘
Mopt: = Propellant tankage mass (Eq. 4-23)
MOW = Ppower source mass (Eq. 4-24)
Moss = subsystems massg (Eq. 4-25)
Moam * structure and mechanisms mass (Eq. 4-26).

4, Cost Models

Cost models for the OOP are summarized in Table 4-7, As with the
mass models, the Q0P individual element cost models are essentially
ldentical in form to the ORV models. However, since the Q0P is not
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 Table 4-6. Mass Models Used in On-Orbit:
S Cost: Model ; o

-MO“-P- - M t I"‘31311' + M + Mobt"'"noaa + Mbsm + .Mow

M. =2 (0.078 ol 35) N,

= U o l't R
Mopp = 0:001a P (L+R)

w10 ._[‘-‘0.503 log (Pyo,) + 1.153]

Yop T Mojil_-_exp - 89/g,T )1 .
Mopt :- “ept Mop
ull)ss - 100 [(1 + 107 o) *+ (Not/hlop) ] |
osm  %sm _[Mot + H.opp.+ Mop + _Mopt .+.Mo_g]_. D
M, = a_ (0.001 P )
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Table 4-7. Cost Formulae Used in On-Orbit Cost Model

COOp

ot

C
opp

copt

oem
Cosa
to
ol
ow

Cops

odd

Coop

cot + copp +'copt + cosm + cdas + cfo + coi

+C +C

ow + cops odd

2 [(42 x 10V) 1og (] (1.47 n0. 68)

5 0.12 0.68
“3x10° p (1.47 N, )

¥ | ]
Hop (cop +a . C' )

Pt “opt
cssm (Mosm)o.3
c;sa (Mosm)o-9
Céo 8

' -
coi H:oop Mbp

'
COW Ptot

1
Cops tf

mission time

' - 0.3
Cnrd/Nov (Mhop Mop)

coopluosp/tf
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"rented" to 4 user for a given trip, the utilization factor (coef) is

not involved. Additional model differences (besides subscripts) are
'defined herg; the costs that: are similar are referenged to equations

defined for the orbit-raiéing model., Total propulsion cost for the

on-orbit mission is defined by

+
Coop _é Fot + copp copt + Cow + coss
SR (4-43)
* Cosm ¥ Cro * Cot *+ cops + Coaqs
. where
Cot = cogt of thrusters (Eq. 4~32 without last term)
c = cost of PPUs (Eq. 4-33)
opp (Bq |
Copt = propellant gnd tankage (Eqs. 4-34 and 4435)
COw = power source cost (Eq. 4-38)
COSB = subsystems cost (Eq. 4-37) | |
COsm = structure and mechanisms cost (Eq. 4~36)
Cto = transportation cost
= '
Cto Mﬁs
Céo = transportation cost from Earth to orbit per ke
CDi = integration and testing cost
= t -
= Cot (Mﬁop Msp)
Céi = 1ntegration cost per kg of dry ooP
Cops_ = operations.cost
= '
cops tf
te = mission time )

Codd = DDT&E cost (Eq. 4=40)

= number of on-orbit vehicles 0vef which DDT&E coéts

ov
are amortized
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o - 5. On-Orbit/Large System Baseline Mission Rgéults
H; In a fashion similar to the orbit-raising mission, two baseline
. sets of parameters are used in developing on~orbit results: large space

system era (00/LS) and matured Shuttle efa (00/MS). ~ Again, for each
baseline, general results are presented to illustrate the chgractgristics.
Overall cost aensitivities for selected variables are then anaiyzed‘to
assess the importance of various Parameters, particularly thruster

parameters.

a. Orbit/La:ge System Baseline Parameters

.

_ o Iheflatge system baseline (00/LS) parameter éet is shown in
Tabie'4-8. The parameters that are different from the OR/LS baseline

i} require some discussion and inelude AV, mission time, and transportation
o © cost, - o - '

.} An anélysis for estimating AV is presented in Appendix g,

Clea:ly, without a specific satellite design, such an analysis is

s extremely approximate. .However, since the primary purpose of the analy-
_} sis was to &etermine the order of magnitude of AV to be considered, the
“absolute accuracy is relatively unimportant. A baseline AV of '
(I 7 1.65 km/s/yr was selected. '
_ A_baseline mission_time of 10 years was chosen, based on
[f several factors. Although 1onger_timea may be needed to make cértain
satellites (e.g., solar power satellite) cost effective, it is probably
[} unreasonable to store the necessary propellant for such peribds; Thus, *
: if propellant is replenished, propulsion 8ystem modules could he replaced.
7 These additional concept variables would substantially complicate Ehei:_
[E ‘present problem. Mission times of 5 to 10 years are-curféntly'being'
¥ _ achieved with existing satellites. However, since current sgtellites_ -
L . are relatively simple compared to thoaeimagined:in.the large system bage= -
- 1iné, a nomilnal 10 year miseion is a reasonable compromise. . S
3 ' o ..,Transportation‘cqqt, as it 1is used in the on-orbit cost analy- . -
| sis, includes all costs from Earth to the satellite orbit. This cost is
just the value compﬁied in fhe‘orbit'raisihg mission. 'A;Galue of SSOIRQ
WéB selected for the 00/LS baseline based on typical OR/LS baseline results,’




Table-4-8, 00/LS Baseline Cost Model Parameters

Argon Propellant

nod = 100 kW
Thruster Life = 104 hr

Av = 16.5 km/sec
tf = 10 years
Initial mass = 10° kg

Electron flux = 1015 electrons/cmz, using curve "C"

= $10/kg | oov Integratiqn and Testing
= 5500/kx¥ Cost gf O0P Associated Power
= $4.2 x 103 » log (D) First Unit Thruster Cost

= $4.3 x 105 (kW)0'12 First Unit PPU Cost

= 0.2 | ' PPU Redundancy

= 0.2 Thruster Redundancy

= 0.4 (1 + 0.1 x 100) Propellant at $0.4/kg

Tankage at $100/kg with
Tankage factor = 0.1

= $1O3/day Time Dependent Cost
= 10 ‘ Life of 00V .
_ 4 0.3
= 510" (M) Cost of OOV Structure and
osm
‘ Mechanisms
2 ‘
= l—%aig— ( vop Mo )0'3 DDT&E Cost Amortized over
. ©oP op 10 00Ps
4 . 0.9 ~ :
= $1 x 10 (Moss) Cost of COP Subsystems
=3 kB/EW | | specific Mass for Power
=-850/kg - = ~* . Orbit Raileing Cost per kg

P 3

g
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Fiaraig
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b. ODILé'Baselineg General Results _
The general results of the 00/LS baseline are shown in
Figures 4-67 through 4-71. ‘Specific cost ($/kg/yr) as a function of Zlisp
for a range of module power is shown in Figure 4-67. At low.Isp, thesge
data have a shape similar to the orbit raising results. However, at
high Iap‘ the curves continue to deéfégﬁe or just flatten‘oﬁf; The .

- explanation for this behavior ig illustrated in Figures 4768_And_4f69,_ :
- which shdw cost and mass breakdowns. | At 1ow IBﬁ; cost is ‘high (due

to'the,latge,transpoxtation,cost)'and payload mass is low (due to

large p:opeliént. éhruste:, and atructure:maaaes). At high_Iép¢ propel- B
-lant'aﬁd'most other masses are decreaéihg. Power source mass is

'increasing but is a small fraction of the total. Although total cost
is_increasing-gt high:Idp, its influence dn-sp§cific'coat iéhoffseﬁ“by
the increasing payload mass., L ,
Specific cost and total cost as a function of the payload
mass are shown .in Figure 4-70, For the Baseiineléohditfbhs, oinimum
specific cost, as well ag minimum total cost, occurs in tﬁe région of
12,000 sec. _Thensenaitivity of  specific cost to module pdﬁer at this
poinf,'AB found from Figure 4-67, is about 0.013 $/kg/yr per ku. With
the 8 x 10° kg payload, the cost/yr is about $10* per kW of module )
power.:. The cost difference between a SOQEW-(SO-cm) module system and
a 2do-kw (60-cm) module system would be about $1.5 x 106/yr or $15 x 10°
over the mission life. The benefit of larger modules is clear. The
number of thrusters required as a function of Isp is shown in Figure 4-71,
The dashed lines show minimum thruster diameter,

' Using the baseline results as a starting point, several sénsitivity
studies were performed to assess the importance of various parameters.
These study topics, discussed in the_following_sections,.a:g shown in

Table 4-9{
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this section:

C. Miééioﬁ Design Sensitivitiea

Four general mission factors affecting cost are discussed in

AV, mission time,

initial mass, and transportation cost.

Although each has a significant impact on cost and could influence

misgion design,

Table 4-9,

none appears to substantialiy change the general shape
of the curves or thruster considerations,

00/LS Data Run and Sensitivity Study Categories

1. General

Cost/kg/yr versusg I ;s P
Cost breakdown Sp° mod
Mass breakdown

Cost/kg/yr versus p.gload
Number of modules

Mission design sensitiviiies

AV

Mission time
Initial masy
Transportation cost

Thruster sensitivities

Life
Efficiency
Mass

First unit cost
Redundancy

4,

5.

Propellant sensitivity
Cost

FPU Sensitivities

Mass
First unit cost
Redundancy

Power source sensitivitieg

Mass
Cost
Degradation

O0P system design
sensitivities

Structure and mechanisms
Subsystems

Integration and testing
DDT&E

213

6119




(1) AV Sensitivity — Resulia for a range of AV requirements
are shown in Figure 4~72. For a given mission time and initial mass,
such a range implies a range of satellite area-to-mass ratios of uncer=
tainty in the AV estimate., The minimum cost vegion around 12, 000 sec
should not ba significantly ahifted over thiﬂ AV range.

(2) Mission Time — The effect of mission time on on—orbit
propulsion costs is shown in Figure 4-73. Mission times significantly
shorter than 10 yr increase Bpecial costs dramatically and tend to reduce
 the optimum I p Times 1onger than 10 yr will decrease the apecific
costs almost linearly.

(3) Initisl Mass — The initial satellite mass, ihcluding the
00P and propellant has a large impact on specific cost, as shown in
Figure 4-74, Although this effect is accentuated by the constant AV
used in producing these curves, the general sensitivity is still sig-
nificant, The reason for this trend is that, since a reasonable fraction
of the 00P costs are independent of mass, specific costs increase as

initial mass decreases.

(4) Traunsportation Cost — The aensitivity of specific cost to
transportation specific cost ig prciented in Figure 4-75. Transportation
cost begins to have a signific:nﬁ effect on specific cost above about
$10/kg. Ae discussed in Section 4.A.8, transportation will probably be
in the $30 to $50/kg region for the large system baseline, and on—orbit

costs will certainly be influenced over this range.

d. Thrqster Senaitivities

The thruster éensitivity factors considered for the ODILS bage=
line are shown in Table 4-9. Since it was found In the OR/LS cases that
the "R" ratio has only & minor impaét on cost, this parﬁmeter was omitted
for the on-orbit work.

- (1) Thruster Life — Two models of thruster life, constant and
beam dependent, were evaluated as shown in Figure 4-76. Constant life

greater than about 104 hr has a relatively small impact on cost. However,
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shorter life or a beam-current-dependent wearout characteristic wiuld
' substantially increase specific cost. In addition, the sensitivity to

' Isp becomes more pronounced for the variable life model. The optimum

occurs between 3,000 and 6,000 sec and requires & large-diameter thruster

(larger than 100 cm). However, if thruster diameter is limited to less
‘than 60 cm, the cost aensitivity to I ap is extremely small (for either
life model)

(2) Thruster Efficiency — As shown in Figure 4-77, thruster
efficiency variations over a reasonable range have little effect on
specific cost. Efficlencies below 0.5 would have a larger impact since

more modules would be needed.

(3) Thruster Mass — Thruster mass has only 3 moderate impact
on cost, as Figure 4-78 shows. Only increases of several times would
significantly change the cost level.

(4) Thruster Cost — The specific cost results are only
moderately sensitive to thruster first unit cost as indicated in
Figure 4-79. ‘Again, increases of a factor of two or more would be
required to change the apecific on—orbit costs significantly.

(5) Thruster Redundancy — The baseline_redundancy of 20 per-
cent should provide a reasonable relisbility. Even if a redundancy of
40 perhent were used, the specific cost would not be strongly affected
as Figure 4-80 ahows.

a. Propellant Sensitivity

Based on the orbitwraising results, only propellant specific
cost was considered here. The results are shown in Figure 4-81 for a

range of propellant costs. Except around 6,000 to 9,000 sec, propellant

“cost has almost no influence on overall specific cost. Other propellants

should produce similar results with only a shift in thruster diameters.

- £. PPU Sensitdvities

The sensitivities éonsidered are indicated in Table 4-9

and include mass, cost, and redundancy.
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(1)  PPU Mase — As Figure 4-82 shows, PPU unit mass
variations around the baseline have a small influence on cost.

(2) PPU Cost — PPU cost iz somewhat more important as shown .
in Figure 4-83. However, modest variations around tne baseline would
not dramatically change the overall cost.

(3) PPU Redundancy'-Results shown in Figure 4-84 indicate
that PPU redundancy is also not too important in overall cost. A factor
of two over the baseline should be an upper bound on the rejuirad

redundancy.

g. Powér Source Sensitivities

Results of the three major factors studies (Table 4-9) are
shown in Figures 4-85 through 4-87. Power source specific mass
(Figure 4-85) and degradation (Figure 4-87) show only small overall cost
sensitivity. Power source specific cost ($/kW) is a more important
factor, as Figure 4-86 shows. In addition to changing the overall cost
level source, specific cost changes the curve shape and hence changes
the ISp optimum. At even higher power costs, this effect would be more

prencunced.

h. OOP System Design Sénsitivities

Representative system parameters {(shown in Table 4-9) were
investigated. Although many others could have been considered, the four
selected should provide an indication of the sensitivity of overall cost

to system factors.

(1) Structure and Mechanisms Sensitivity — As Figure 4-88
shows, structure costs below $10 /kg have little effect; costs of
$10 /kg will increase the overall specific cost level but should not
significantly influence thruster selection.

(2) Subsystems Sensitivity ~ The subsystems cost parameter
‘esgsentially reflects complexity ~ the greater the complexity, the:
higher the cost. Figure 4—89 shows that any significant increase from
the baseline ($10 /kg) will have a proncunced effect on overall cost.
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(3) Integration and Testing Sensitivity — The integration and
test parameter illustrated in Figure 4-90 ig also related to complexity.
Costs above $10/kg shift the overall cost level and tend to influence
thrgster and Isp 8selection.

(4) DDT&E Sensitivity — Ag shown in Figure 4-91, an Increase
from the baseline of more than an order of magnitude in DDTSE cost would
be necessary to have much effect on overali cost. However, even higher
DDT&E cost would not significantly influence thruster or IBp selection,

6.  On-Orbit/Matured Shuttle Era Baseline Mission Results

The on-orbit/matured Shuttle (00/MS) bageline analyses used a philo-
sophy similar to that discussed in Section 4.A.9. Baseline parameters
that were changed from the large system baseline are shown in Table 4-10,
Except for transportation cost, these are equivalent to the values shown
in Table 4-5,

a. 00/MS General Resultg

Results for the 00/MS baseline are shown in Figures 4-92
through 4-95, 14 contrast with previous results, thruster diameters in
the range of interest (30 to 100 cm) occur af Isp'a below about
8,000 sec. Furthermore, as Figure 4-92 shows, the optimal ISp results

baseline.

A cost breakdown and total cost as a function of IEp are shown
in Figure 4-93; a mass breakdown isg Presented in Figure 4-94, Specific
Cost and total cost are shown in Figures 4-94 and 4-95 as a function of

net satellite massg, Although total cost is minimum at about 7,000 sec,
the specific cost minimum occurs at about 10,000 sec for g payload mass

of about 18,000 kg.

b.  Power Source Sensitivites

The impacts of power source cost and mass are shown in Fig-
ures 4~96 and 4-97, respectively. Power source cost has a relatively
large influence on overall specific cost. However, since thruster diam-
eters less than 30 cp are of little interest, the sensitivity is |
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'someWhat reduced, An increase in Power cost from the baseline is more

significant than a decrease, The effect of power Source specific magg

is shown in Figure 4-97 to pe of:minbr importance over a rather large
range of a'sg,

c, Initial Magg Sensitivit
S 1088 venadtivity

ure 4-98, On-orbit specific costs vary by about a factdfqu %hrée'(for
a given Isp)rover the mass range considered._ Higher masg reéults inA
lower cost (as before), Thus, thers could be a cost advantage in build-
ing one large-satellite rather than several smailérrbneé‘if such a
situation occurred, ) R ' ‘

d. Transportation Cost Sensitivity

Within the range of thruster diameterg of interest, Specific
cost ig relatively sensitive to transportation cost, As shown in Fig-

ure 4-99, the'$1,000/kg baseline 1ig representative of the orbit raising
results, byt improvementsg in orbie raising costg would aignificantly _'
benefit the on-orbit mission, :

e. Integration and Testing Sensitivitx

C. COST MODELING CONCLUSIONS

1.  Thruster Size'Recommendafibns

The results Presented in Sectiong 4.A and 4.B were reviewed in terms
of costs and thrustér-technology. A Summary of general conclusions ig
shown in Taple 4~11. The recommendations'given reflect the ranges of
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Table 4-11.

Summary of Cost Modeling Recommendations and Sensitivities

Mission Option
Parameter :
. OR/LS OR/MS 00/Ls 00/Ms
Recommendations
Isp, sec 8,000-12,000 4,000-5, 000 10,000-15, 000 4,000-7,000
Thruster diameter, cm 40-70 30-70 40-70 30-60
Module power, kW 50-200 20-80 100-200 20~-80
Propellarnt Argon Xenon Argon Xenon
Thruster sengitivities
Module power High Moderate High Low
Life Moderate N/S High N/S
Efficiency Moderate N/S Low N/s
Mass Low N/S Low N/s
Unit cost .Low N/S Low N/S
"R" ratio Low N/S N/S N/S
Redundancy Low N/S Low N/S
Propellant sensitivity
Type Low N/S N/S N/S
Cost Low N/s "Low N/S
PPU sensitivity
Massg Moderate N/S Low N/S
Cost High N/S High N/S
Redundancy Low N/s Low N/s
Power source
sengitivity
Mass High Moderate Low Low
Cosgt High High Moderate ‘Moderate
Degradation Moderate N/s Low N/S
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Table 4-11. Summary of Cost Modeling Recommendations and Sensitivities {Continued)
Mission Option
Parameter :
OR/LS OR/MS 00/LS 00/MS
Mission design
sensitivity
AV High - N/S High N/S
Mission time Moderate N/S High N/S
Initial mass High Moderate High High
Lannch cost High High High High
System design
sensitivity
Struc. & mechs. Low N/S Low N/S
Subsystems Moderate N/s Moderate N/S
Integration Moderate Low Moderate Low
DDT&E Moderate N/s Low N/S
Flight ops Low N/S N/S N/S
Self powered
sensitivity
Power fraction Moderate N/S N/A N/A
One-way trip
sensitivities
AV ‘High N/S N/A N/A
Free power High N/S - N/A N/A
Trip time Moderate -'N/S N/A N/A
Initial mass High N/S N/A N/A
Launch cost Moderate N/S N/A N/A

N/A
N/s

Not studied

Not applicabie
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power. However, 6,000 sec results in large thruster diameters (or bigh
cnst), To stay within ceasonable bounds (less than 100 e¢m) and retain
low system costs, & minimum Isp of abuut 8,000 sec is needed. With high
module power, costs are not too strongly affected up to about 12,000 sec.
With thgse bounds on Isp’ the range of thruster diameters and power are
established. A similar rationale was applied to the other three mission
options.

Having eatablished the acceptable ranges of key parameters in
Table 4-11, the results were reviewed with an eye to defining a single
thruster "design" that would satisfy all four mission options. Thruster
diameter is then bounded between 40 and 60 cm. To satisfy Loth large
system baseline mission options, an Isp in the range of 10,000 to
12,000 sec is needed. This ISp range with argon corresponds tou a
thruster diameter range of about 50 to 40 cm, respectively, and a module
power of about 100 kW (see Figures 4-4 and 4-6).. A 40-cm thruster
operating on Xenon at 5,000 sec (the overlapping point for the MS base-
lines) would have a module power of about 30 kW; a 50-cm thruster would
have a module power of about 45 kW. _ _

The beam voltages for argon at 10,000 and 12,000 sec would be
approximately 2,400 and 3,500 V, respectively. For xenon at 5,000 sec,
the beam voltage would be about 2100 V. If a 50-cm thruster were designed
for a beam voltage of 2400 V, it could be operated on argon to produce
up to 100 kW of beam power or on xenon up to about 50 kW at 5400 seec.
Thus, a 50-cm thruster is a good compromise for the four mission options
and also allows for a common beam voltage.

A further consideration in selecting between a 40-cm and a 5G-cm
diameter thruster is the uncertainty of wearout 1ife., Since module
power is important to system cost effectiveness, if sufficient life
could not be obtained with a 50-cm thruster, operation at lower beam
current would be less significant than for a smaller thruster. At 50 cm,

the options for maintaining high module pover and some flexibility in

. wearout life are substantially greater than for a 40-cm design.
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2. Sensitivigx Conclusions

~ Results of the sensitivity studies are summarized qualitatively in
Table 4-11. From‘a’tﬂruater’standpoint,‘module power, life, and effi-
clency are most 1mpnrtgnt.. The importance of high pPower was reflected
in theﬂprevious'fecdmméndatioﬁs; Life'ia'importanc, particularly for
the on-orbit mission.  To 4 certain extent, life can be compensated for
through_redundancy. However, a minimum‘life of less than about 5,000 hr
would peﬁaiize the system. High@f effiuiency‘thau that used in the
medeling would not sighificantly 1ﬂprpve the cost picture; lower effi-
cieﬁcy would'got be deéirable} The fact that thruster naes has a small
influence indicates mags conld be traded for life, efficiency, or cost,
Although reliability is covered by redundancy'aasumpcions.'a—trade of
‘thruster mass for a.simpler, more relisble thruster would also be prudent,

Somewhat unexpectedly, the type and cost of:propellant'is relatively

unimportant. Propellant selection certaialy 1nf1uenéea thruster oper-
ating parameter seleétion, but the flexibility added by the availability
of several pPropellants is quite significant. o S

| PPU and powér source.cbst and ﬁaas were fdund to be extremely
important in overall system cost efféctiveness. Costs <5 the magnitude
used in the model should be sought at the possible expense of efficiency,
reliability, or mass. (PPU efficiency was effectively included under
thruster efficiency sensitivity.) Without 1ight—weight, low-cost power
sources, the overall system cost will be increased significantly.

From a system design point of view, this ﬁork vefifies the fact -
that system complexity, as represented by subsYétém; integration, and
development costs, is relatively important, "Although the parameter
values are somewhat arbitra;y. the point at which these parameters
become important is defined. - ' R

,~0f‘thE‘qission design parameters considered, it is clear thét
transportation cost is the_most,significgnt since the other parameters
'éreﬁdetermined by thé-misaion seiecfed."51nce'the orbit-raising ﬁission

cost is strongly dependent on launch cost; and on-orbit cost is dependent

on:brbit—raisiﬁg cost,*16w9costftransportat£on tb'LEO'ia'h'fﬁndameﬁtél ”

requirement for a cost-effective near-Earth space transportation system. -

:3.
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SECTION 5

TECHNOLOGY ASSESSMENT

The source of the technology—related Portions of the models
described ip Sections 3 ang 4 was a thruster technology assegsment
8tudy. The areag covered included ion optical systems, cathodes, thep-
mal limitations, wearout life, thruster scaling, Propellant type, and
Operational simplificationg to reduce the required number of pPower
supplies. Thesge areas are discussed in this section,

‘A, ION OPTICAL SYSTEM

1. Perveance
—==Yeance

Foremost among thesge technology tasks is the ion optices design,
All other thruster design Parameters are influenced by the selection of
an ion opties design, Having 8pecified the Propellant, beap current,
and beam voltage required to Produce the required valuesg of thrust and
specific impulse, the first question that must be answered 1g that of
the size of the thruster (grid area) necessary to generate thege 8peci-

Processes has been performed by several workers and hag been Summarized
and presented in Well-referenced form by Kaufman.66 Initially, the
analyeis here will be limiteq to obtaining equations for relating

thruster (ion beam) diameter to beam voltage ang current requirements,
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First, the beam current IB and voltage Vﬁ are related by

I =P v£3/2 , (5~1)

where

Vt_== Vb'-l' Va ’ - (5-2)
and Va is the negative voltage applied to the accelerator electrode to
prevent eiectron backstreaming from the nmeutralized ion beam into the
iprerelectrode acceleration gap. The perveance P, constant for a

given electrode design, is a function of aperture and interelectrode

dimensions, and can be written

P= c1 Na Pa . (5=3)

where Na is the number of apertures in-the acceleration eleetrodes, and
Pa is individual aperture perveance. Figure 5-1 illustrates the aper-
ture configuration and gives dimensions of the 700<900 series EMT
design. In terms of the symbols used in Figure 5-1,

-9

p = Abx 1070 -3/
(o 336 + X )
ds

for slngly charged mercury ions,67 and

) | (5-i)

The dimensions shown in Figure 5-1 yield

L= 6.4 x 1077 av3/2

The factor Cl accounts for the variation in current as . a function of

.beam radius that is a consequence of a radially varying dischargn plasma
density distribution. Essentially,

4!5 2reJ (v)dr
Cl = 2 ) (5"5)

-J mD
max
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Figure 5-1. Aperture configuration for EMT ion optics.
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and, for typical 30-cm operation, Cl = (.52. With the number of

apertures set at 15,173 for the EM design, the perveance computed using
Eq. 5-3 48 P = 5.1 x 107> '
experimentally with the EM ion optics design is only 4 x 107>, implying

. However, the maximum perveance measured

that the assumptions used in obtairing the snalytic value of P may be
slightly in error. To provide a realistic estimate of thruster size
requirements, the empirical value can be used to determine an effective

individual aperture perveance <Pa> by setting

P 4x107

- 9
N, T 15,173

<Pa> - = 2,6 x 10 AV-SIZ . (5-6)

For a hexagonal close-packed array of apertures,

D2
N =0.9 ==, (5=7)
a 2
S
where D is the diameter of the array (beam diameter), and S is the
center—-to-center spacing of the apertures in the array. Eq, 5=3
can now be written '
2
P=234x100 L ' : (5-8)
g2 '
and
I = 2.3 x 107 o? ﬁ 32 (5-9)
b * Sz t * _

Considering ti.e extensive empirical parameter variation that has produced

the EM ion optics design, the aperture parameters listed in Figure 5-1
are probably near optimum and are also a realistic basis for predicting
beam diameter requirements. Therefore, Eq. 5-9 becomes

2, 3/2

L =4.79x102p% v

b . . o (5-10)
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oy T

for a thiruster operated on mercury as a function of'beam current and
totel extraction voltage, 3Since it 1s tbz beam voltage that must really
be specified, a further consideration is in order, Again, invoking
empirical results frop EM testing, electron backﬁtreamins does not

occur if

Vv

' b b
R - bl 007 . (5—11)
Vh + V& Vt

Equation 3=11 is somewhat conservative in that thruster operation with
R = 0.7 to 0.78 has been demonstrated without evidence of backstreaming;
however, most testing has been done under the condition of Eq; 5=11,
Hence, Eq. 510 can be written

I = 8.19 x 10-8D2V£3/2 (5-12)

and

0% = 1.22 % 107 I v5‘3’2 . (5-13)

Using Eq. 5=13, the Beam requilements are illuatrated-graphically for

mercury in Figure 5-2 and for argon in Figure 5-3. These curves are the
basis for determining thruster technology requirements after translating
thrust and specific 1mpulée to beam current angd voltage. Since there is

Figures 5-2 and 5-3 identify those rangés of beam current and voltage
that require advanced technology. These curves are based on empirical
pPerveance data obtained witch state-of-the-art 30-cp thruater.iOn'optics
in the 0.5 to 4 A current range at beam vdltages from 1000 to 1.500' 'S
Consequently, the highar voltage curves stiould be_considered valid only
83 a firgt-order estimate, - .
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REQUIRED BEAM DIAMETER, CM

7264-132RA1
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Figure 5-2, Beam diameter required to produce mercury ion beam
current., .
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2.  Curved Electrode Thrust Losses

Since thruster diameters other than 30 cm are being considered in
this study, .the impact of grid curvature on thrust losses must be con-
sidered. Thrust loss was calculated as a function of thruster diameter,
grid spacing,and radius of curvature (dish depth) for  various dished

grid geometries. For all these calculations, the compensation was limited

to provide a maximum. vectoring angle of 16°. Experimental results indi-
cate that accelerator grid direct ion interception increases rapidly for
ahgles greatér than 16°. Although a relatively large dish depth (small
radius of cﬁryature) is desirable from a structural standpoint, the
opposite is true from a thrust loss viewpoint. The results Presented

here show quantitatively the trade-off between thrust loss and dish

depth (radius of curvature) as a function of thruster diameter. To all

the thrust loss calculations presented here, the intrinsic beamlet
divergence, which typically amounts to 1 to 2 percent, must be added,

a. Grid Compensation

Since thrust loss is a funetion of grid compensarion, this
parameter is discussed before the thrust loss calculations are made.
Figures 5-4 and 5-5 show the geometrical parameters associated with a
dished grid set. The basic compensation problem'arises-from the need.
to cancel (1) the effects of the dish angle and (2) the vectoring
caused by the misalignment of the holes for noncompensated optics that
occurs when the grids are separated, in the i&eal case, Ehe-screén
electrode hole pattern is "shrunk" an amount (compensated) such that all
beaumlets are vectored by an angle sufficient to exit parallel to the
thrﬁsﬁer axis, and, in that ideal case, the total compensation Ct

ot
required to accomplish this can be broken into two parts:

Coor = C(Rg) + C(@) . (5-14)

Neglecting the electrode thicknesses, the compensation C(2g)
required to align the holes is given by

Clog) = (284/)) tam ¢, (5-15)
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ATl Brmarniud

Famrrmowd:

where 23 is the grid spacing, D/2 is the beam radius, and ¢ . is the
dish semi-angle at the grid edge, For the present 30-cm dished grid.
28 = 0,056 cm, D = 29 cm, ¢max" 16°, and therefore:

o) --Qh%%Q tan (16°) = 0,117, (5.16)

| which amounts to %25 percent of the total 0.4 percent compeneation

presently used. If thermal loading causes the grid epaoing to decreose'

by causing the screen grid to move toward the accel grid, the compenea- N
. tion available fox vectoring will be increased, .

The compensation c(u) required to vector the beamlete ‘an
amount o depends on the vectoring aensitivity'measnred in degreea per

':normelized screen aperture offset. There have been efforts: to deter-

mine this vectoring sensitivity using. digital computer trajectory

calculatione. but the computed and experimental reeulta did not. agree
':very well. The basic problem is’ that the computer programa must be,run

with.planar syumetyy although the real problem has no symmetry. The
approach taken here ie to use the experimentally meaeured.aensitivity
for the present 30-cm grid set.  Figure 5-6 shows some experimental
‘data taken with the co]limated ExB probe.59 This data ahows ‘that there
is a 2.4° difference between the r=0and v = 10.7 cn profiles. If
the grid,com;eneation were perfect, these profiles would be on top of

~ .each other. Since the dish semi—angle.u at. this radius is m12.4°, the -
o net vectoring achieved'was .

-vwenep_' 12. a =24 1o°

For a: 3rid compeneation of 0. 5 percent, the . net grid offoet at this L
: radius is

S “ - R -_'.o ‘
| mnet: ,(f005> (10.?),,‘0.96 ;‘n'lzféi' 0.04 cm .

. The measured eggtaeag;g;nigmuy} 1s thus
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PROBE CURRENT

7254138
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Figure 5-6. Beam profiles measured with ExB analyzer; 30-cm
thruster using 0.5% compensation (Ref. 59).
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or, in normalized form, since the screen aperture diameter is 0.1905 ém,
snorm =1%/2.1percent of screen aperture digmete: offaet, 1In cdmpariaon;'
the_aensitivity obtained with the S-cu thruster measured with a probe
rake was 1°/1.6 percent;'digital'computer trajactoty'calculationa ﬁrg~
dicted a sensitivity of a1°/1 Percent. - For the thrusn'IOEs-éaleﬁlatiohs
described in the'folldwing section, the sensitivity measured with the
30-cm EMT was used, ' o e

\i

b, Thrust Loss Caleculations
Theae calculations were'made to aid in assessing the feagi-
bility of new. thruster design concepté. Several assumptions were used
in making the thrust logs calculgtiong:

° The current density scrogs the grid varies as
: : nr
J(r) - Jocos 27

® A maximum beam vectoriﬁg of 16° at the beam edge

° Optics geometries for-all'Cases_are”écaled'from the present
30-cm design so that the normalizaed Vectoring.- .
sengitivity = 1°/2.1 percent,

_ Using_the_first_assumptidn;'the_griﬁ ghrﬁst vecto:_cos'ﬁ and thrﬁst'
loss TlosS'(in Percent) is given by N

- . - r ) m ) _r. | _ | |
w0 0= [ 2 con B cos o) ar J 2mecos ear |, (saan
° ' 0 e oo T

where

Ues MO L - B, gy

and 8(x) ig the difference between the dish angle o and the net Vectofing _

- angle, The net angle 6(r) used in evaluating thefthrust'IGSs in qu.sélﬁ'

1s the difference between the dish angle and the net vectoring angle .
8¢c) = ag) - Y, o (5-19)
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where

-

Y{(x) = B[rctot - d tan a] ,

A maximum vectoring anglé of 16° is assumed to prevent direct inter-
ception so that the C(a) compensation amouats to a maximum of 16 x
2.1 percent = 33,6 perciat of the screen aperture diameter at the beam
edge, Under this assumption, the compensation used for the thrust loss
calculation was

da lo p
Ceot ?: [3 * tan ¢max] ’ (3.20)

where 6 = 16° if ¢max >16°, and ¢ = Bmax if ¢max <16°. This expression
is plotted in Figure 5-7 ag g function of thruster diauweter with radius
of curvature as g Parameter. The present 30-cm Compensation should be
increased to 0.6 Percent to be perfectly compensated.

For ¢max S 16°, ¥ = 9° across the grid and T oss = O (neglecting the
intrinsic beamlet divergence, which typically amounts to 1 or 2 percent)
The amount of thrust loss calculated using Eqs. 5.16, 5.17,and 5.19
is plotted in Figure 5-8 as a function of thrust diameter with grid
radius of curvature as a parameter. Figure 5-8 ghows that the present
20-in. grid curvature could be used up to a thruster diameter of w50 cm
with less than 1 percent thrust loss. Figures 5-4 and 5-5 show that

this diameter corresponds tu a maximum disgh angle of v30° and dish depth
of "-’7 Cht,

C. Practical Considerations

The calculations discussed above show the relationships
between beam divergence, thrust loss, and grid compensation parameters
for ideally spaced and aligned grids. In practice, ion opiics elec-
trodes cannot be spaced completely uniformly, and alignment to obtain
the exact required offset in ali radial directions presents a very
difficult assembly task. If thrusters are required in very large num-

bers, requirements for such extremely high accuracies represent a costly
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Figure 5-7. Grid compensation versus thruster diameter.
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Figure 5-8. Thrust loss wersus thruster dismeter.
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and formidable manufacturing obligation. Since 0.4 percent is
considered the empirically determined practical limit for 30-cm
thrusters, the calculations givey above are only useful in a relative
sense and show what could be achieved ideally. Achieving relatively
small thrust losses would require developing fabrication processes to
achieve adequate aperture alignment and electrode spacing.

B.  CATHODES

The hollow cathode configuration shown in Figure 5-9 is the
accepted cathode design for 30-cm thrusters. This cathode geometry
has evolved from extensive development work at NASA LeRC and elsewhere
and a complete referenced discussion of this development has been pre-
sented by Kaufman.66 Essential features of this cathode design are

. A hollow tube with a gas-flow-limiting orifice

v An external heater to raise the tube and orifice temperature
to 1300°K

* An internal source of Ba0 for providing a lnw?work-function
surface

. An internal gas pressure of “l Torr during normal operating
conditions

. Operational modes with characteristics that depend on gas flow

and emission conditions,

Although several possible explanations of hollow-cathode physical
Processes are considered in Kaufman's review article, the discussion is
by no means conclusive. Some conclusions for which there is general
agreement are that

L Thermionic emission from the cathode orifice or interior is
important to both ignition of the cathode discharge and its
operation at low discharge (keeper) voltage.

@ The hellow cathode plasma is characterized by an electron
density, n_, on the order of 1018/43 with a Mavwellian energy
distribution that has an electron temperature, Te, in the 0.5
to 2 eV range.
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L] Cathode orifice wear is proportional to emission current
reqq}rements and orifice dimensions.

[T |

The nominal emission current rating of the 30-cm thruster hollow
cathode 1812 A for 2 A of beanm current. Life tests have been conducted at

-

h this current that show negligible cathode wear for 18,000 hr.of testing.68

L

i fince the 30~cm thruster cathode was scaled from the 15-cm thruster cath-

ode (SERT IT) on the basis of empirical results, we can suggest with some

[ri |

confidence that scaling a cathode for higher emission currents should not
Present a basic technology problem. In previous sections, beam currents
as high as 15 A were considered a possibility,and such beanm currents
imply emission currents of 90 A. Emission currents of 20 A have been
azhleved without difficulty from the present 30-cm cathode design,69

e fz:r-zm,’

but extrapolation to higher currents would require experimental verifi-
cation and probably some additional engineering to achieve the thermal

7
b
f
i

environment considered to be a requirement for long lifetime.

The discussion presented above ig relevant only for operation with

4
.

mercury vapor as the propellant or working gas. Achieving the requisite
low-voltage discharge conditions has not been adequately demonstrated
with other gases, is not well documented empirically, and was not a sub-

L

ject of this investigation. Empirically, xenon appears most similar to

—

mercury vapor with respect to discharge characteristics and cathode
operation. Consequently, for operation with propellant other than mer-
I 6ury, a basic technology investigation and development program is

]
N

considered to be a requirement.

C. THERMAL LIMITS

As discharge power is increased to obtain higher beam currents,
the temperature distribution throughout the thruster changes. Power is
! not distributed uniformly, and some parts of the thruster will be heated
L more than others. To assess the relationship of thermal limits to beam
o Current, a thermal modeling analysis was performed. An 1l-node thermal

A model for the 30-cm thruster has been developed and has been used to

predict the temperatures of critical thruster components for high beam
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current operation. The starting point for this effort was a thermal
model -developed by Oglebay at NASA LeRCyO for the 30-cm thruster. The
nodal conductances, view factors, and power distribution for this model
were received from NASA LeRC and were ihcorporated where applicable in
the development of this simplified thermal model. A description and the

- results of this model are presented below,
1. Thermal Model

The thermal analysis was carried out by representing the 30-cm
thruster as a lumped parameter network of 11 nodes with 22 radiation and
conductor resistances. A schematic showing the thermal model and nodal
numbering is shown in Figure 5-10. Each of the principal thruster com-
ponents was represented by a node that was connected to adjacent nodes
by radiation and conductance resistors. These parameters, along with the

nodal area, view factor, and the emissivity assumed, are summarized in
Table 5-1. The radiation exchange factorsaiij were calculated using

11 1 {1 1 1-1
AF = = 1= ~1}y++ = «- 1) + = (5-23)
174j Ai (ei ) Aj (ej ) AiEtJ
and éte aléo shown in Table 5-1.

2. Power Inputs

The nodal power inputs were calculated as a function of beam cur-
rent on the basis of a discharge chamber efficiency of 185 eV/ion and a
fixed loss of 21 W. The actual effective heating power produced by the
discharge chamber'efficiency was assumed to be reduced by (37 + 10)
eV/ion to account for the kinetic energy and heat of jonization -
taken away by the beam ions. This results in an effective discharge
heating power as a function of beam current of

Pyge = 1387 +21, : (5-24)
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Table 5-1. Summary of Nodal
~ and Form Factors

Areas, View Factors, Emissivities

Used in Thermal Model

M

Nodes Connector | A4 Aj' €1 'ej _Fij AiFQj’
Connected | Number - in. 2|’ in.2 3 S  4n 2
2 and 1 1 231 195 0.15 | 1 0.5 30.1
3 and 2 2 120 231 0.20 | 0.20 | 0.47 | 14.6
3 and 6 3 120 744 | 0.15 | 0.15 | 0.03 2.5
5 and 7 4 352 396 0.15 | 1.0 } 0.175 | 30.9
6 and 7 5 396 396 0.15 | 1.0 | 0.50 | 51.6
8 and 11 6 81.1 | 81.1] 0.15} 1.0 |o0.50 | 10.6
10 and 11 7 111 195 0.15 | 1.0 [ 0.50 | 14.5

9 and 11 8 91 195 0.15 | 1.0 0.235 | 9,2

4 and 11 9 171 120 0.25 | 1.0 | 0.05 7.4

3 and 11 10 155 120 0.25 | 1.0 }o0.16 | 16.8

4 and 3 11 171 120 0.25 | 0.15 { 0.17 | 10.1

4 and 9 12 171 ) 114 1 0.25 | 0.15 | 0.06 | 6.07

4 and 10 13 171 113 0.25 | 0.15 | 0.06 | 6.05

4 and 5 14 171 352 0.25 | 0.15 [ 0.50 [ 22.05
 5and 6 15 215 | 396 { 0.15 | 0.15 | 0.325 | 1s.2

5 and 8 16 215 8l.1 | 0.15 | 0.15 { 0.02 3,0

9 and 10 17 114 114 1 0.15§ 0.15 | 0.265. [ 7.5
2 and 6 18 0,052

6 and 8 19 0.052
3and 5 20 0.0952

5 and 9 21 0.1192

3 and 9 22 155 114 0.25 | 0.15 | 0.053 |  5.06
“3and 10 | 23 155 114 - | 0.25 | 0.15 [ 0.056 | 5.27

.aCondﬁctances in W/°C
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where Ib is in amperes, and Pdis is in watts. This pawer wag distributed
to the Screen, anode, and backplate nodes gg folloys, Assuming an
effective screen grid open area of 70 Percent, the wall flux of iong
which strike this electrode produce an effective heating power of

2-A beam current. The heat to the anode wag found by subtracting
Eqs. 5~25 apgq 3-26 from Eq. 5-24, resulting in ap anode power

Pano da = 105 Ib . (5-27)

The power distribution and the power taken away by the beanm ions
are summarized beloyw:

Panode 7105 Ib
Pscrean * 20 Ib
Pback = 13 Ib + 21
Plost = 47 Ib
Total: 185 Ib + 21.

The'accelerator grid power (Iaccvtot) was calculated as g funetion
of beam current by linearly extrapolating the typically measured

accelerator current at ! and 2 A bean current. The total vVoltage Vt
was found by 80lving:

- 3/2
Ib vat
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a8 a function of bean current and ﬁsing a4 total thruster perveance of
P o= 4.3 x 1073y32
which is typical of present cloge Spaced optics. A complete summary of

the resulting nodal powers as a function of beam current is shown in
Table 5-2, ' |

3. Regults and Discussion
———====_8nd Discussion

measured temperatyres for the 1 and 2 A beam current levels; these
results are in good agreement with the calculated values, The calculated
temperatures are plotted in Figure 5~11 as a function of beam Current.
To eatimate thé limiting beam current (température)'for Ehe Present
30-cm thruster, we will assume that the Magnet temperature must be less
than 500°C and that the vaporizer temperature mugt be less than 300°¢,

temperature and that the lower limit to vaporizer temperature would be _
the rear shield temperature. Under these assumptidna, it is clear from.
Table 5-3 or Figure 5-11 that the highest beam curreat is 9.5 A to
maintain the radial magnet temperature at less than 500°¢ and must be
less than N9 A o maintain vaporizer control, Assuming that these two
limitafions can be avoided by improved magnet material and the elimina-
tion of vaporizerg with argon, the next temperature 1imic will'probably
be the ion optics (scfeen Brid): 1If an upper limit of 700°C ig chosen,
the 30-cm thruster could pProbably be operated up to 15 A,

temperature-limiied Eeam current, as shown in Figure 5-]2. Since a large
fraction of the radiated heat ig rejected through the fon optics, this
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Table 5-2. Summary of Nodal Input Powers Uéed in

Input Power, W

~ Node Beam Current, A
1 2 4 6 8 10 .
Accel (10) 1.8 6.4 | 215 | 46.5 | 77.5 | 1140w
Scfeen (9) 20 40 80-. 120 | 160 200(W)
tnode (4) ¥ 105 210 420 630 840 1050 (W)
Backplate (3) 34 47 73 99 125 151(w)
6119
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Table 5-3. Summary of Calculated Temperatures for 30-cm
Thruster. Values in ( ) Were Determined
Experimentally,
Calculated Temperature, °C
Node Beam Current, A
1 2 4 6 8 10
(120) (153)
Rear shield 97 143 206 251 | 288 | 310
(200) (262) (328)
Base plate 189 258 348 411 462 504
Anode 271 372 492 574 638 691
(174) {230)
‘Body 152 224 312 372 420 | 459
(96)
Ground Sc. 47 96 160 206 | 239 [ 268
(62)
Mask 33 79 137 178 | 210 | 236
Screen 202 293 404 480 540 589
Accel 163 246 350 426 487 538
6119
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1254170
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bLASEPLATE

REAR SHIELD
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Figure 5-—11. Calculated temperatures versus Ib
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Figure 5-12. Estimated maximum beam current (limited by
temperature} versus thruster diameter.
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curve was derived by aasumihg that radiated power is proportional to
beam diameter and beam current in the form

&
9, KIAbTmax KZ(Ib)max * (5-28)
Therefore,
K, I
- —2.b . (5-
Ab K, T4 KS(Ib)max (5-29)
" “max
I = K,p2 (5-30)
( b)max 4=
where the K's are constants,
T ' = maximum allowable temperature
max
D = bean diameter
Ib max = maximum allowable beam current
K, = 0.0167 A/cm® .

The constant K4 in Eq. 5-30 was evaluated for the 30-cm thruster assuming
a4 maximum current of 15 A.

D.  WEAROUT LIFE

In the preceding discussions, thruster diameter, or mere pfOpErly
ion beam diameter, was determinied as a function of specified beam cur-
rent (thrust) and voltage (Igp) for both mercury and argon propellants
on the hasis of state-of-the-art ion extraction system capacity only.
It is now appropriate to examine these results with reéspect to those
Practical constraints that are Presently known and others that can be
anticipated,

Consider first the operation of a 30—cm.thruster at higher beam
voltage to obtain higher beam current. With regard to the ion extraction
system, results presented in Ref. 69 indicate that operaticn at
increased beam voltage has relatively 1ittle impact on the design of
this thruster component. If beam current ig kept within the perveance
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limitations, then beam current can also be increased without significantly
affecting the ion optical properties of the extraction system, Similar-
ly, operation at increased beam voltage is of little or no consequence

to either discharge chamber or cathodé operation or design, Propellant
electrical isolators must be adapted to the appropriate voltage insula-
tion, as must all the insulation used, buc this is not a significant
constraint unless éxtremely high voltages are specified (>10 kv),

Increasing the beam current at constant:thruster diametet,>hOWever,

‘requires an increase in beanm current density and thus a rroportional

sncrecse in plasma density and discharge current. increasing plasma
density at an'apprdximately constant ionization fraction has been found
to increase the double ionization percentage, and thus discharge chamber
erosion rates increase at a rate somewhat greater than linear with
increasing discharge current (beam current). An approximate depeﬁdence
of erosion rate on beam current can be derived as follows. The number of
Particles q eroded from a unit area by a current density j impacting on

that surface can be expressed as

1= ?15(3+S+ N I - (5;'31),
i, s '
+ S+ /0

where 8 is the Sputtering coefficient for the appropriate ion 8pecies, -
and e i8 the electronic charge. The fraction j_H_/j+ is a functibn of
the total current dentisy jtot' On the basis of empirical data obtained
with an EMT—like 700-series 30-cm Hg thruster,

J I

b

-+
I, - 0.1+ .5 4 (g, 3.1.0A) , (5-33)

where Ib is the total beam current, and the current densities are avefage
values for the screen grid boundary. By setting j+ proportional to total
beam current, Eq. 5-32 becomes -

41\ s
7 = CIs |1+ (—.,, b gi"i s (5~34) -
. . . A + .
282
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where C is the proportionality constant between current density and total
current. The sputtering coefficient for deubly charged ions is assumed
to have the value measured for singly charged ions71 at twice the ion
energy (voltage). For the energy range of interest (30 to 40 V), the
ratio S++/S+ is approximately 15. Hence, Eq. 5-34 can be written

I .
b+ 4
K Ib 1 +( 5 ):l

K Ib(0.2 I

o
2

(5-35)

]

b + 1.8) ,

where K includes the appropriate comsiderations for relating current
density to beam current, sputtering coefficient for the material being
eroded, and to the energy of the eroding ions.

If a particular discharge chamber surface is now selected as the
critical surface for material loss, it is possible to use Eq. 5~35 to
relate useful lifetime to beam current. By specifying the aliowable
material loss in terms of atoms per unit area N, the lifetime, T, is
given by )

gt = N = constant, (5-36)
and hence

U7y, = 9,Tys €tC.,
where the subscripts denote lifetimes and erosion fluxes for different
current values; therefore,

+1.8) = T,KI, (0.2 I, + 1.8)

qlKI1 (0.2 I1
or
poafmem. e
1 2 L ] L] 2

Eq. 5-37 can now be used to extrapolate measured thruster 1ifetime for
operation at lower currents to operation at higher current under the
assumption that the conditions (particularly constant discharge voltage)
stated in Eq. 5-33 are valid. Thus, conditions are cthought to be satis-
fied for a 30-cm thruster of the 700-series EM design if the discharge
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power input in watts per beam ampere (eV/ion) and the true propellant
utilization efficiency are held constant. 'As an example, the screen
grid lifetime was 60 percent consumed in the 10, 000 hr endurance test
of thruster S/N 701 (NASA CR=-135011) and the average current was

1.4 A.72 The lifetime T at current Ib can be estimated by

4
4.85 x 10
1) = T.(1.8 + 0.2 1)

(5-38)

for operation at a discharge power input of 185 eV/ion and a corrected
discharge propellant utilization efficiency of 88 percent {as shown
graphically in Figure 5-13). Although the applicability of this curve
to thruster operation in general may be quantitatively in question, this
type of relationship between lifetime and beam current is considered to
be qualitatively valid. : '

§ The ion extraction screen grid has been selected as the critical
surface here because, as a discharge chamber component, the ion extrac-
tion screen grid thickness affects the efficiency of producing beam 1dns
(eV/ion). Consequently, if one wishes to preserve thruster efficiency,
one cannot simply increase the grid thickness to increase its lifetime,
as is possible with some other discharge chamber components. Although
the absolute value of the relationship shown in Figure 5-13 may be
somewhét uncertain, it is possible to make the observation that, for
short—term missions, existing 30-cm technology could produce high beam
currents with useful lifetimes. |

It is anticipated that operation at lower propellant utilization
efficiency will change Eqs. 5-33 and 5-38 such that a fanily of
curves will be generated that are shifted to higher lifetime. Again,
drawing on empirical data, the relationship between j*4jj+ and cor-
rected discharge chamber propellant utilization efficiency, shown in
Figure 5-14, can be used to modify Eqs. 5-33 and 5-38 to obtain
Figure 5-15. The applicability of the empirical data in Figure 5-14 in

a general consideration is quantitatively questionable; h@waver, the
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Figure 5-13, Estimated thruster wearout lifetime (700-series
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AVERAGE VALUE OF JHfj+ AT SCREEN GRID BOUNDARY

Figure 5"’14 .
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DISCHARGE CHAMBER PROPELLANT UTILIZATION, %
{CORRECTED FOR DOUBLY CHARGED I0ONS)

Relationship between (i44/34) and discharge
utilization efficiency (700-series EMT, Hg,
7 v).
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trends produced (as shown in Figure 5-15)should be valid. Consequently,
the observation that a relatively small change in propellant utilization
(5 percent) can produce a large change in screen grid wearout lifetime
(100 percent) 1s considered valid (except for the absolute values of

the changes).

It is useful at this point to consider the constraints placed on
thruster design by the implications of F.igure 5-15. If discharge chamber
wearout lifetime is determined by the ion extraction screen thickness,
unless the thruster configuration and operating characteristics are
significantly changed, then Figure 5-15 can be used to restrict the
relationship between beam current and beam diameter, Supposing that the
wearout lifetimes shown in Figure 5-15 may be as much as a factor of two
too low, the maximum beam current that can be considered practical for a
minimal lifetime (3000 hr) is still only about 10 A, This limit is
essentially independent of whether the propellant is argon or mercury,
because the sputtering coefficients are essentially the same for both
elements and doubly charged ions are formed in argon about as readily
as in mercury. Extension ¢f this limit would require new, advanced
technology that 1s not directly identifiable from «wnsideration of
present 30-cm thruster development. Figure 5-16 shows .the modifications
of the beam-current/beam~diameter relationship with the current density
limitation applied. The shaded areas of the charts are unavailable
because the current densities required would not be consistent with
lifetimes considered to be useful. The information in these relation-
ships 1s applied as illustrated in the following example. If a given
mission analysis indicated that a 40 A beam of érgon ions at 2 kV beam
voltage would be optimal for each thruster module, then Figure 5-16
indicates that the minimum beam diameter for useful 1ifetime would be
60 cm even though the ion optics could be designed to produce 40 A at
2 kV with a 50~-cm-diameter beam,

E. THRUSTER SCALING

In the preceding sections, the factors that 1imit the power and

thrust capacity of existing 30-cm mercury ion thrusters were discussed.
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It was shown that the upper limit on beam current is 10 or 15 A depending
on whether wearout lifetime or thermal constraints are considered to be

most important. For a mission of 125 days or more,agréen grid wearout

Yifetime dominates and the current limit is 10 A. One option is to con-

sider using several thruster modules with a single power processor to
obtain the required lifetime, The ioﬁ optics thermal limit then becomes
most-important because'any attempt to alleviate thermal problems in this
Component would constitute a major development task, wheress magnet
temperature limitations might be alleviated by changes in haghet material
or reduction of heat transfer to the magnets, 'Hence, 15 A would be the
upper operational limit fpr a 30-cm~diameter thruster, baged on the
assumed ion optics thermal considerations, This limit is independent of
Propellant type or specific impulse since the discharge power input
required per unit of beam current is essentially a constant’ and would be .
approximately 3. kW, Consequently, any improvement in 3Q~-cm thruster
capacity would have to address the problem of rejecting this order of
thermal'input without the temperature of the accelerating electrodes
exceeding 700°C. An advanced concept 30-cm thruster would therefore
depend on development of new technology capable of higher power density
operation anﬁ designed specifically'for heat rejection. Some of tha

fundamental requirements that can be predicted for specifying such u
thruster concept are -

®  High specific impulse operation to permit adequate electrode
thickness for heat rejection by conduction

] Improved beam and discharge plasma uniformity to distgibuté
thermal inputs more evenly '

a Incorporation of materials capable of higher temperature

operation

* Efficient operation at low discharge voltage to rinimize ion
sputtering erosion. .

Increasing the thruster beam area while keeping power (or thrust) -
densities at or below the limitations indicated above can be approached

as an engineering problem rather than one requiring technology. As in
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determining thruster limitations, the appropriate starting point in
considering larger thruster modules is to examine the ion extractionm
ayetem requirement. B

One way to increase the beam area would be to increase the beam
diameter. To maintain high current density at low beam voltage, the
dimensions of the electrode thickness and interelectrode spacing must be
kept as small as practical. This dimensional limitation implies the use
of curved or dished electrodes to achieve mechanical stability. As
discussed in Section 5.A.2, electrode curvature introduces a thrust loss
because of non-axlal beam trajectories. The technique used to vector the
off-axis beamlets to "compensate" for electrode curvature approaches the
direct interception limit at 30-cm beam diameter and therefore larger
diameter thrusters might have to operate with uncompensated aperturss
at the periphery. Thrust losses resulting from this limitation were
discussed in Section 5.A.2.b. An additional constraint to increasing
beam diameter is the availability of electrode material. Mol bdenum
sheet is currently only av-ilable in widths up to 24 im. (61 cm), and
at present no other material offers a viable substitute. Therefore,

50 cm is at present the practical fabrication limit on beam diameter.

F. PRDPELLANT—TYPE CONSIDERATIONS

. The 30-cm EMT hae been developed primarily for operation using

merc ..y as the propellant. It is a relatively straightforwaxrd matter to
operate a thruster on other gases since the discharge mechanisms are -
not dependent on the mass or ionization potential of the gas ueed.? 74__
Performance characteristics are another matter, however, and the highly
attractive characteristics of ion thrusters based on operation with
mercury may not be maintained with an arbitrary choice of propellant.
Because of the relatively large quantity of propellant required for

some large earth orbital satellite applications (%106 kg), an inert gas
(e.g., argon) appears to be an attractive propellent possibility. The
first consideration is the ionization potential. 15.75 V for argon as;
compared to 10.4 V for mercury. This means that more discharge energy

goes into ionization of each argon ion and also that discharge v)ltage
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must be higher to obtain the same number of ionizations per primary
alectron (cathéde emitted). These facts present a trade-off between
operating at increased discharge voltage (thereby increasing discharge
chamber fon sputtering erosion) and limiting discharge voltage (thereby
reducing propellant efficiency and increasing charge exchange ion sput-
tering erosion of the accel electrode). Thic trade in erosion rates
will be assesed in more detall at a later time.

The mass of the argon atom is only 20 percent of the atomic mass of
mercury, and therefore operation on argon implies higher specific
impulse or higher power per unit of thrust. To approach the 30-cm EMT
thrust and lifetime specifications (for mercury operation), an EMT design
thruster operated on argon would have to be operated at a specific
impulse of about 8000 sec and at a 12-kW power level (5500-V beam volt-
age at 2-A beam current). This power requirement could be prohibitive
in some apglications.

Next we consider some of the advantages and operational implications

of using argon as the propellant. First, argon i1s a gus under anticipated

operating conditions and no heaters or vaporlzers are required for pro-
pellant supply. Flow rates can be accurately controlled using ilow
impedances and constant pressure regulators. This implies that thruster
control must be established using only electrical parameters (not pro-
pellant flow) unless a variable flow impedance is developed. Thrustef
turn-on time can be essentially eliminated since no vaporizer warm-up
is required. Because of reduced ilonization efficiency, double ioniza-
tion processes are not anticlpated to be as iwportant to thruster dis-
charge chamber life in argon thrusters as in mercury thrusters. Thus,
it may be possible to increase propellant utilizétion efficiency by
increasing dischargs voltage and yet maintain constant wearout life.
The more significant implication tc¢ udvanced thruster technology,
in so far as argon operation is concerned, 1s thruster lifetime and con-
trol. In applications where argon:is nearly mandatory because of the
quantity of propellant required, the number of thrusters‘will'be large -
even if the module size becomes significantly larger. Moreover, it
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would be extremely desirable for an ion thruster to turn on and off with
the simplicity of a fluorescent lighting fixture and to be czpable of
operating as long, or longer. Current hollow cathode technology provides
long operating life but is relatively complex from the staudpoint of
cathode ignition and control. Advanced cathode technolegy has been
invéstigated by personnel at NASA LeRC, Colorado State University, and
HRL, but no results have been reported, at this time, that show possi-
bilities of simplified long~life thruster operation on argon or other
gaseous propellants., Thus, there is a clear opportunity for thrqster/

cathode technology innovation.

G. OPERATICNAL SIMPLIFICATIONS

The 30-cm mercury ion thruster, as presently developed, requires 12

power supplies, at least 8 of which are required to be more or less con- ,

tinuously variable in output. The 12 power supplies are

Variable output power supplies

» Beam or screen supply

v Discharge supply

] Accel supply

' 3 Magnetic baffle coil supply
] Cathode vaporizer supply

e Main vaporizer supply

) Neutralizer vaporizer supply
] Neutralizer keeper supply

Fixed output power supplies

] Cathode tip heater supply

. Neutralizer cathode tip heater supply
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. Isclator heate. supply
] Cathode keeper power supply

Of the variable output power supplies, the only obvious possibility for
gimplification is the combination of beam and accelerator supplies.
Feasibility of this combination was demonstrated under the 2.5-kW
Advanced Technology lon Thruster program (contract NAS 3-17831) during
1975,  Similarly, all of the fixed power supplies listed, except the
cathode keeper supply, are used only during start-up (or for very low
power operation). Since the discharge power supply is variable and not
in use during start-up until the heaters are no longer necessary, it can
be used to supply heater power by appropriate heater design and inter~
connections of heaters. The power processor being develcoped for the
30-cm EMT uses the discharge supply for powering the isolator heaters
prior to discharge ignition. This capability was also demonstrated
during 1975 under the above-mentlioned program for the cathode tip and
the isolator heaters. Similarly, the cathode keeper discharge can be
maintained after keeper ignition by using a dropping resistor from the
anode, thereby eliminating the steady-state keeper supply requirement.
The stabllity of the keeper discharge in “his mode of operation has also
been demonstrated for all anticipated transient conditions. Thus, it
would be possible to eliminatesone varilable output and three fixed output

power supplies without altering any of the steady-state control concepts

., now in use.

To ddentify further simplifications, it is appropriate to examine
the function of each of the eight remaining power supplies as related to

thruster operation requirements.

1, Beam'(or Sereen) Power Supply

This supply provides the voltage necessary to accelerate and focus
the icn beam. It is operated as a constant-voltage supply with a cur-
rent limit. Beam current 1s determined by discharge and vaporizer

parameters.
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2.  Discharge Power Supply

This power supply ionizes the propellant snd is operated as a
constant current supply, Discharge current is an independent param~ °
eter determined by the beém current desired. Cathode propellant flow
determines the discharge voltage,

3 Magnetic Baffle Coil Pewer Supplv

This power supply excites the magnetic baffle coil and is an effec-
tive adjustment on the discharge voltage/cathode propellant flow

characteristic. Variable output for this power supply is a convenience
or flexibility option.

4, Cathode'vaporizer Heater Supply

This power supply provides cathode vaporizer propellant flow and its

output is controlled in direct proportion to discharge voltége (closed

loop), as compared with a reference voltage (independent parameter).

5. Main Vaporizer Heater Supply

This power supply provides main vaporizer propellant flow and its
output is controlled in proportion to beam current {closed loop) and

compared with a reference signal (independent parameter),

6. Neutralizer Keeper Power Supply

This puwer supply initiates and maintains the neutralizer hollow
cathode plasma, The power supply is operated as a constaﬁt—current'
source with keeper current a8 an independent variable. Keeper power
supply voltage varies with neutralizer vaporizef propellant flow rate,
The neutralizer keeper curr-:+ set-point is automatically changed when

the beam current is turned off to maintain the total neutralizer emis-—
sion current esgentlally constant,

7. Neutralizer VYaporizer Power Supply

This power supply provides neutralizer vaporiéer propellént flow
and is controlled in direct proportion to the keeper voltage (closed

loop) in comparison to a reference voltage (independent variable).
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8. Neutralizer Cathode Tip Heater

This power supply is used only during start-up pericds to obtain
initial neutralizer cathode ignition, Combining this function with the
main cathode and isolator heater presents an insulation problem for
steady state operation.

Finding further simplifications that would eliminate Power supplies
involves the defining of new control concepts or some loss of flexibility
in parameter selection. For example, operation at a single beam current

could reduce the discharge supply from a variable to a fixed-output power

supply and reduce the complexity of the main vaporizer 8upply somewhat.
Similarly, a thruster modification could eliminate the magnetic baffle

coil requirements, Operation of the thruster with gaseous propellants
would eliminate vaporizer power supplies.
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SECTION 6

ADVANCED THRUSTER CONCEPTS

An initial objectiva of this study was to translate the thruster
Tequirements defined by the mission studies into detailed hardware
designs, However, the scope of the detailed design task was reduced to
allow a greater emphasis on Earth orbit mission cost modeling. Although
detailed deaigns were not developed, several advanced design options
were considered, Three options are discussed in this section: (1) a
50~cm thruster scaled directly from the 30-cm EMT, (2) a 50-cn thruster
using 2 new sfructural approach, and (3) an oval 30 x 90-cm thruster,
Since these concepts were developed mainly for assessing first-order

potential problems, the discussion ig limited to describing salient
features. '

A.  SCALED-UP 30-CM EMT CONCEPT

A 50-cm~diameter thruster concept, using the present 30-cm thruster
components and structural approach; is shown ip Figure 6-1, This par-
ticular diameter was chosen for several reasons:

) 50 em is pProbably near the upper limit for straight~
. forward ion optics development, Molybdenum sheetg
dre currently available only up to about 60-cm widths,

] Beam divergence thrust and efficiency losses start to
become more important around 50 cm. If the grid
radius of curvature must be maintained near that used
for the 30-cm (50-cm radiug), grid compensation cannot
totally correct the divergence. Structural stability
tests would be needed to establish confidence in a
higher radius of curvature,

. Grid-to-grid hole alignment and spacing‘dontro% become
more difficult ag the diameter increases.
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] 50 cm is probably near the limit of high performance
' operation with a single cathode, At this size, o
plasma-nonuniformity with a large central cathode
might require extensive experiments for magnetic
field shaping (e.g., cusped fields). _ o

s A 50-cm thruster is in the region of interest for

large vehicle missions in Earth orbit.

'The design shown in'Figurg 6-1 utilizeé tﬁe 30=-cm thfuster struc-
tural approach and the 30-cm thruster leﬁgth. To a first approximation,
the length need not be scaled since the neutral-atum‘meaﬁ ﬁree path
before fonization is less than the chamber length, 'Additianal insulators
and supports are provided for the optics .and ground dovera. With the
two-point gimbal mount, the structure would probably reQuire additional -
stiffening and thickness compared to the 30-cm désign'since loads are
carried fu:ther. In addition; the fabricqtion tolerances and assembly
procedures would be tighter than for the 30-cm thruster becéuse of the
greater difficulty of defining the ion_beam axis relative to the gimbal_”
pads. . | T S R I y

The cathode and cathode pole shown are tﬁe 30-cm thruster design.
The propellant plenum was arbitrarily placed at half the anqqe¢fadiﬁs.

-Cleafly, the final detailed designs of these and other pafts would

require prototype testing.

B. . ADVANCED 50~CM THRUSTER CONCEPT
The 50-cum thruster design discussed in the previous section has .
several fébrication’and structural weaknesses, _ihezconcept illustrated SR

in Figure 6-2 should improve on these asbeﬁts of.the deéign."Since a

major portion of the thruster mass is ‘associated with the optics 7
assembly, use of the shell for Btructure is inefficient.. By bridging

around the shell at three locations, the3qptics_loads_can be-transferred" ;

more directly to the'gimbal'mbunts."in addition to improving the load
path, the concept shown in Figure 6~2 simplifies the optics-gimbgl

tolerance Problem,
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The 30-cm EMT shell design resulted from a series of changes
designed to make the thruster adequate dynamically without major re-
design. However, if the shell design task were inftiated anew, a
concept more like that shown in Figure 6-2 would probably result,

Avoidance of complex jigging, as currently required, should reduce
assembly time and cost,

c. OVAL CROSS SECTION CONCEPT

An alternative to increasing the ion beam diameter is to increase
the beam area by increasing one dimension only, thereby producing an
oval cross seétion. An example of this approach is 1llustrated in
Figures 6-3 and 6-4. The beam envelope becomes 30 cm x 90 cm and
could be expected to perform at approximately three times the 30-cm
thruster capacity with essentially the same lifetime and operational
characteristics, Since molybdenum sheet 1s available in any desired
length (at 60 cm widths), fabrication of the electrodes becomes g
question of designing the Proper hydroforming fixtures, Several main

problems can be anticipated in developing such an advanced concept
thruster: '

) Achieving structural stability in the ion
extraction electrodes and mounting assembly

o Achieving a relétively uniform discharge
plasma in the elongated geometry

° Achieving adequate structural, strength.

The structural questions present an engineering problem that is probably
tractable if the weight constraints imposed a#e not too severe, The
plasmé uniformity problem is not B0 easily dismissed, however. The .
Proposed solution to this problem makes use of two thruster cathodes

and central propellant intreducttion, Integration and control of two
hollow cathodes ag shown represents a development task that has not been
approached before; however, there should be no fundamental difficulty

in such.an approach. Solution of thig problem will have to be primarily
empirical because discharge modeling is not sufficiently analytical to
permit design computations, Parameters to be explored would include:
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] Baffle size and shape

] Cathode location

® Pole plece geometry

. Propellant introduction

e Methods for controlling cathode

propeliant flow.

In the configuration shown in Figure 6-3, the magnetic field line
geometry is still the divergent or SERT II type. Improved plasma uni-
formity has been obtained and reported by workers making use of boundary
magnetic fiel& geometries that have a cusped shape.75’76 A single cusﬁ.
configuration, as shown in Figure 6~5, is the most readily adapted to
existing technology. 1In this configuration, the plasma volume is not
entirely free of magnetic field, but improved plasma uniformity has |
been demunstrated. A multiple cusped geometry, shown in Figure 6-6,
introduces considerably more complexity, Since the latter geometry
might be operable with a single cathode, however, it cannot be ruled out
a priori,

To euamine some of the properties of an oval thruster in terms of
EMT technology, two assumptions were made:

. An approximate thruster weight can be estimated
by assuming that the weight of discharge chamber
elements can be scaled in proportion to the cir-
cumference of the chamber, and that optics
assembly and backplate weight scales in proportion
to beam area.

L A plasma and beam current diecribution can be
established across the shorter beam dimension
that matches the radial density distribution
of a 30-cm thruster.

Given these assumptions, the .caled thruster mass would be about
2.4 times qhét‘dTiyherqo-cm EMT, and the beam area ratio would be 3.55
times that of Ehétéoj%%fgﬁﬂf ifaone assumes a uniform beam currert
density, then the larger;ﬁbrgﬁggf could provide 7 A beam current with a
lifetime of greater than 10" hr or a maximum beam current of 53 A for
shorter lifetime, )
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If one assumes a current distribution that has the form

J(x) = 4, cos FE

then the current capacity for the oblong thruster would -be about 4.5
times that of the EMT, an, consequently, the thruster could provide
9~A beam current with greater than a 104-hr lifetime or a maximum beam
current of 67 A for shorter periods, Thus, the scaled oval thruster

eonfiguration would have the following specifications:

. Thruster mass .18.5 kg

* Beam cﬁrrent 9 A (average)
e  Beam current - 67 A (maximum)
» Lifetime ©10° (A-hr).

Preliminary assessment of the thermal characteristics of the
"stretched" thrueter shows no basis for estimating significant differ-
ences since the primary thermal process, radiatfion thrqugh the screenm
grid, has been scaled directly by area, Consequently, providing that
discharge current and plaema density distributions can be established
as assumed above, the scaled thruster configurations would have com—
ponent temperatures. easentially the same as those of. the EMT. For an
EMT-type megnetie confinement geometry, thia may be a rather peesi—
mistic aeaumption, and the cusped configurations may be more realistic

. for achieving a satisfactory plasma distribution in the oval geometry.

The cusped magnetic geometries may offer more promise for .
establishing a satisfactorily uniform plasma diatribution, but they will
~ 2lso carry a weight penalty. We estimate that the additional anode and
polepiece required for a single cusp geometry would add 1.2 kg (6%) to
the thruster assembly.

Assuming a periodicity every 2.5 cm for the multiple cusp
geometry, 6.5 kg (35%) additional weight would be added to the thruater.

" Since the 6.5 kg increase in weight could require heavier struetural
. elements to satisfy launch requirements, this is probably a low estimate,
.- _ansequeqtly,”the single cusp oay-be the most promising;e%&etpative.
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' The most critical single element in this "st:::-'et:'::l"teg:l"':l configuration

design is considered to be the ion optics assembly. . The ébncerns are
more practical than fundamental in that a fabrication proceés is
required for manufacturing electrodes in the oblong shape with
sufficient conformality that uniform interelectrode spacings can be
achieved. Conceivably, the processes now used for hydroforming and
chemically milling the circular, dished-grid electrodes can be adapted;
however, this supposition remains to be dembnstrated. Similarly, the
electrode mounting structure becomes more vulnerable to distortion in
the oblong configuration, and that possibility also affects the ability
to achieve satisfactory interelectrode spacing. These'twd elements are
the major concerns for increasing the longer dimension of the "stretched"
thruster. If low IBp (close grid spgcing) ig not a.requi;ement, then
the degree of difficulty is lessened. If these unproven factors can be
adequately handled; the long dimension of the oval thruster can be

extended or shortened to match thruster module requirements with a mini-

mal impact on thruster design and'performance characteristics.

An additional factor that should be mentioned is reliability.
Although the oval concept: may require multiple cathodes for best '
performance, operation with a failed cathode would be possible.,

- Performance would probably be degraded with a failed cathode (e.g.,

one failed out of three), but mission options should be better relative
to ‘having a completely failed mndule. C
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SECTION 7

STUDY CONCLUSIONS

The most significant producta of this work are the cost modeling
methodology develcped for Earth orbit missions, the generalized analysis
approach for planetary missions, and the technology assessment results.
Specific conclusions relative to the selection of an advanced thruster
concept were also develoPEd. These specific oonclusions .are important
and necessary, but their value depends greatly on the input aasumptions.
Although the assumptions and resulting conclusions may be changed by
additional study, the analysis tools developed here should provide a
straightforward means of evaluating the assumptlon/conclusion relationship

Earth orbit mission ost modeling results produced several reason-
ably clear conclusions. Under most conditions, module power is the key
thruster parameter in producing low~cost transportation and on-orbit
propulsion. The upper bound on module power is not a hard boundary, but
thruster development considerations will probably restrict the power
level to about 100 kW. Depending on the mission, thruster wearout life
is the next most important parameter, wheh fefurbiohment is not included
wearout life is quite significant in the overall system cost. picture.
Other thruster parameters initially thought to be important (e.g., mass,

H

'unit cost redundancy) appear to have orly second—order effects on total

cost. Power processor and power source Jarameters strongly influence

_total cost and should be carefully considered in selecting a vehicle

design.

After evaluating the cost sensitivicy of the tranaportation and
on-orbit missions to a wide range of parameters, a 50-cm-diameter
thruster was Buggented This thruster, operated at a beam voltage of
about 2400 v, would satisfy a wide range of Earth orbit missions. TFor
large systems (SPS size), the 30~cm thruster could be operated on argon
with a beam power of about 100 kW. For somewhat smalier vehicles, Xenon

_could be used effectively with a beam power of about 50 kW. a '
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The generalized mission analysis approach was used to evaluate a
broad range of planetary and small-body missions. For most of these
missions, the existing 30-cm thruster is a good choice. However, payload
performance for Encke's comet, Earth observatory, asteroid rendezvous,
asteroid sample return, and out-of-the-ecliptic missions would be
improved by higher thruster beam current. Beam currents of 4 A or more
would significantly reduce the nﬁmber of modules, reduce the propulsion
system specific mass, and increase payload. This characteristic is
similar to the module power deprndence discussed previously. The primary
difference between the Earth o1bit and planetary missions ‘ie specific
impulse. Planetary missions tend to demand lower specific impulse
(e.g., 3000 sec) for high performance, Lighter and cheaper power sources
would tend to remove this constraint and add some flexibility to increas-
ing module power, _ )

Several thruster design options were considered for thrusters in
the 50-cm range. 1In addition to a simple scaling of the conventional
circular cross section, an oval—shaped thruster was suggested. The oval
CLOSS seétion may increase the scaling range without significantly
increasing the total techmnology effort,
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A.  ABBREVIATIONS

oo

SEP
EMT
LEO
GEO
ORV
oop
LS
MS
OR
00
ORS
ORP
ORO
PS
AU
PPU

SECTION 9
DEFINITIONS AND NOMENCLATURE

solar electric propulsion
engineering model thruster
low Earth orbit
geosynchronous Earth orbit
orbit raising vehicle
on-orbit propulsion system
large space system era
matured shuttle era

orbit raising

- on=~orbit

orbit raising self-powered
orbit raising paylead powered
orbit raising one way trip
pPropulsion system
astrohautical unit

power processing unit

PROPULSION SYSTEM PERFORMANC.E.

Isp

pp
t

Ny
- L]

-

mod
tot

U"..U

g

True specific iwmpulse (corrected for maltiply charged

ions, bean divergence, and propellant utilization
efficiency)

thrust

propﬁlsion system input pnwét (after degradation)
Power processor input-power

thruster input power

total propulsgion system jet power

thruster beap Power (jet power)

total installeq Power (before
beam current

degradation)

neutral flowrate equivalent current
beam.voltage

ion mass
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gravitational constant

electfonic.charge '

ion beam jet energy

ion velocity

average beam velocity

propulsion system total efficiency

thruster total efficiency

powver processor efficiency

cabling efficilency

power source degradation factor

thruster measured propellant utilization efficiency
thruster electrical efficiency.

mass fraction of singly charged ions

mass fraction of doubly charged ions
thrust loss of efficiency correction parameter
parameter defined by Eq. 3-32

atomic mass unit

atomic welight

‘atomlc weight ratio

ampere~hours -
vehicle initial acceleration

vehicle velocity change associlated with trajectory

launch energy parameter

mission propulsion time
thruster life

' thruster life parameter, Eq. 4-20

thruster beam diameter

orbit raising mission round trip propulsion time
equivalent 30-cm thruster beam current

béeam. current associated with a single thruster module
pefveance for an eléctrode design

perveance for a single aperture

total accelerating voltage

accelerator voltage
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number of apertures
ion optics parameter defined by Eq. 5-5

lon optics dimension

screen grid to accelerator grid spacing

‘screen grid aperture diameter

accelerator grid aperture diameter

aperture center-to-center spacing

screen grid thickness

accelerator grid thickness

beam current density as a function of radius r .
beam current density on centerline

"R" ratio defined by Egq. 5-11.

ion optics aperture “total compensation“
compensation required to correct for grid curvature

compensation required to correct for aperture offset

electrode curvature semi—angle at edge

beam vectoring angle

aperture offset distance

radiug parameter used in defining beam current -
profile

beam maximum vectoring angle allowable without
direct interception :
grid dish depth

electron ‘temperature

.lectron density

thermal model parameter, Eq. 5-23
thermal model parameter, Z=q. 5-23
thermal model parameter, Eq. 5-23
discharge power |

screen grid heating power by plasma
back plate heatiﬁg_poﬁer by plasma
ancde heating power by plaema

power radiated through apertures.
total power radiated from thruster
constants, Eq. 5-28

constant, Eq. 5-29 -
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constant, Eq. 5-30
beam area
maximum allowable temperature

number of particles eroded Par unit area by ion
sputtering '

ion current density

sputtering coefficients

constant used in Eq. 5-34

constant used in Eq, 535 ‘

allowable material loss in atoms per unit area
lifetime used in Eq. 5-36 '

MASS DEFINITIONS

My
Mg
M,

Mp

Mpg

Mps

Mpe, Mop
Morps Mop
Mrpt, Mopt
Orpt

Mrpps Mopp
®pp

Mrys Moy
Mrggs Mpgg

Mrsm- Mbam

Ggm

®pg
Ry

vehicle initial mass

vehicle final mass

propellant mass (general analysis)
propellant mass flowrate

payload méss

propulsion system mass .
payload mass fraction, Eq. 3-5
required payload mass fraction
satellite net mass '
on-orbit vehicle mass

thruster unit mass

propellant mass

propellant tankage maas

propellant tankage fraction of propéllant
power processor mass

power processor specific mass
power source mass

subsyatemé mass

structure and mechanisms mass
structure and mechanisms mags fraction
propulsion system specific mags
thruster redhndéncy -
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used

power processor redundancy

number of thrusters (with redundancy)

number of power Processors (with redundancy)
number of operating modules (thrusters)

number of thrusters required by wearout

mass of thrusters worn out during one round trip

COST DEFINITIONS

rpt

total orbit raising cost
ORV utilization cost factor

ORV hardware cost

cost of thrusters

thruster unit cost

propellant cost

propellant cost per unit mass
propellant tankage cost

tankage cost per unit mass
tankage factor

cost of power processors

power processor unit cost

flight operations fixed cost
flight operations time dependent cost
launch cost to LEQ

launch cost per unit mags
interest rate

structure and mechanisms cost
subsystems cost

power source cost

power cost per unit power

ORV integration and testing
integration cost Per unit of ORV or oop dry mass

cost of design, development, test, and ‘evaluation
(DDT&E)

DDT&E cost coefficient
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c;-'ss
Crsm
o0p
v b
Ceo
Cops

learning curve parameter, Eq. 4-30
number of ORV's over which DDTSE costs are amortized
subsystems cogt coefficient . ,

Structure and wechanisms cost cogfficieﬁt-__:-

cost of.on—orbit ptopu1aion | -
transportation COSt, earth to final orbi¢
transportation €08t per unit magy

on-orbit operationg cost |

operations cost Per unit time

336

| .

P gy

r
¥
i




e

I

i

...-.--—.‘
M ]

e S VL B AN

[ZoLTor

APPENDIX A
DOCUMENT LIST

The'following'document‘list,waa-provided by NASA LeRC

as an initial guide in mission selection and analysis,
Although most of'théééjrepqrcs were consulted in the course -
"of the study; nbtféii wéré]ﬁhed'diréctly. Reports referenced
,direqfly iﬁ éhé ﬁext‘ﬁere-présented in Section 8,

L, -Fnture'Spa:enTranapoxtation-Syatems'Analysis-Study

i Space Program Optics and Transportation Requirements

Interum Report 11 December 1974 Contract NAS9-14323

2y ‘-Oﬁtlodk for Space % A Forecast of Space Technology

1980-2000 NASA 15 July 1975

3. L Otﬁital Transportation in the 1980's and Beyond
'H. P. Davis paper no. AAS 75-141 '

4} 'RéQuirementa and Considerations in Selecting Space
Tug Propulsion Systeus _
C. J. Cohan AAS Paper no. 75-160

3. Preliminafy Technology Asssssment Satellite Power
System Concepts '

‘W. B, Lenoir and R. E. Currie, Jr., February 1975

6. Mission Roles for the Solar Electric Propulsion
Stage (SEPS) with the Space Transportation System
Northrup Services, Inc. Final Review Presentation,
January 1975 NAS8-30742

7. Solar Electric Propulsion Thrust Subsysten
Description

JPL TM 701-209, 1 February 1975

8. Concept Definition and System Analysis for Solar
Electric Propulsion Stage

Vols. 1-5, Boeing, NAS8-30921, January 1975

9. © A Study of the Solar Electric Slow Flyby of Comet
Encke in 1980

JPL TM 760-90 Rev, A, 25 January 1974
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10, 1Interplanetary Spacecraft Design Using Solar
Electric Propulsion - A Circular 1.0 AU Out-of-the-
Ecliptic Mission

J. H. Duxbury (JPL) NAS7-100

ITX EEPC Paper no., 74 - October 1974

11. U, S, Solar Electric Propulsion Planetary Mission
Candidates: Out-of-the~Ecliptic, Small Bodies, and
Orbiters of Mercury and Saturn

K. L. Atkins (JPL) NAS7-100

III EEPC Pnper no. 74~243 October 1974

12. Mission Applications of Electric Propulsion
K, L. Atkins, AIAA Paper no. 74~1085 October 1974

13. Cdmetary Exploration: A Case for Encke .
K. L. Atkins and J. W. Moore, AIAA Paper no, 73-596
10 July 1973 S :

14. Solar Electric Spacecraft for the Encke Slow Flyby

Mission
J. H. Duxbury, AIAA Paper 73-1126, Hovember 1973

'15. A Study of the Compatibility of Science Instruments

~with the Solar Electric Propulsion Space Vehicle
JPL TM 33~-641 15 October 1973 '

16. TFeasibility Study for a Solar Electric Propulsion
Stage and Integrated SEP Spacecraft
NAS8~27360, 18 January 1973 and 27 March 1972

17. Thermoelectric Outer Planets Spacecraft (TOPS)
Advanced Systems Technology Project
JPL TM 33-589 1 April 1973

18. Solar Electric Propulsion System Integration
Technology (SEPSIT)
JPL TM 33-583, 15 November 1972, Vol. 1, 2, 3

19. Solar Electric Propulsion/Instrument Subsysteﬁs
Interaction Study

TRW NAS2~-6940 Final 30 March 1973 and MidwTerm
19 September 1972

20. Solar Electric Multimisaion Spacecraft (SEMMS)

Phase A
JPL 617-2, 30 July 1971 and 617-4 3 March 1972
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LN,

.21, . Study 6f.a Coﬁmdn Solak-Electric—PrOpulaion Upper

Stage for High~Energy Unmanned'niaaions

Vol. i, 2, 3, rry NAS2-6040 14 July 1973
-22.,7Fééaihiiity'stﬁdy for a Multi-Miggion Electric

Propulsion'Spacecraft'(Pioneer Ccuncept)
TRW NA32-6287. 18_June 1971 _ :

' 23.-"Stu&y of a Splhr'Eléctric Hulti-Misaipn Spacecraft,
'Vol.'IA, iB, 11 TRW, JPL Contract 952394, 15_March_1970-

- 24, Solar Electrice Propulsion Asteroid Belt Miagion

Study. 7 7 | |
JEL Vo1, 3 35070-21-1, Vol. 11 3070-21-2, Vol. 11y
5070-21-3 e S

- JPL Contract 952566 19 January 1970 .
- 25, 1975
o Spaqecraft S _

"_JPL ASD:760~18, 1 March 196g

Jupiter Flyby Mission Using a Solar Electrie

26. Evaluatiog of Comet ang Aaﬁeroid Misgiong Potential

U ATAA raper'nd,:73-1osn. Lo €. Allen and »p, R, Odon,

31 October 1873

:_fK. L. Atking and J, H, Duxbury ATAA Paper.75i1158

J. L. Duxbury

28, A Candidate Migsiop Using the Shueeje and Solar
_ and R. €, Finke, aag Paper no. 75-163,
26 Augu:t 1975 . e : :

29, ‘System Definition fop "COmetary'Explorer,"_Godﬂard
4Spa¢e‘Flight cﬁnterr . o o :

1I?'30.’_rherﬁioﬁii_spacécraft'Design Study 129 kW Nuclear
S il _ & o ,

S ApviYog97g

Final Repore GESP-648 June 1973, Under JPL Concrace

| 952381

3L; be1ar,E1ectric Grand Toyyp Missions ¢o theIOutef_ -
. Planetg = - . L SRR

G, A, Pl-.and

ro, Einal-ReportZNA§A'GfaﬁE'nb;'NCR:&5¥0034050;




32, ‘Solar Electric Pronulsion_— A Survey -~ Technology
$tatus and Mission Applications, IIT Research Institute
Report no. M=21, March 127C ‘

33, Sular Eleetric Propulsion for Jupiter and Saturn
Orbiter dissions : . _
I I T.R. L. Report no., M-24, July-1970
34. Belley 8. Comet Flythroush snd Rendezvous Missions_i
via Solar Electric Propulsicn , _
L. I T« ‘R.1. Report no._T-ZB, May 1971
35. Mars Surface Sample’ Return Hissions via“Solsr,
Electric Propulsion: L
1. I T.R. I. Report no. T 29, Auguet 1971
36. Report on the status ‘and Prospecta of the NASA
Space Power and Propulsion Researeb and Terhnology

- Program
Ad Hoc Working Group on Space Power snd Propulsion,

- Vol. 1, 2, 3 30.May 1975
37. . 0AST Workshop.Report, 1915
38. HRL Proposal to RFP 3- 7&0634

© 39, Feasibility Study for Solar Electric ’ropulsion
stage, Rockwell,. NAS~- 27360 o _

40. S5.P. 5. Study, LeRC. Fall 1975

|

g 41, Earth Observatory Satellite (E.O. S.)y TRW,
1 : NAS~-5-20519
|
|
;

42. E.0.S., GE, NAS-5-20518
43. E.0.S., Grumman, NAS-5-20520
44, ‘Status of N.E.P. ,'Stearns,_AASr75~164

45, 'Thermionic s/u Design Study, 12¢ kW N.E.P.S. JPL
952381 - |

j;&ﬁ. Mission Concepts for S. h P, TesrlFligﬁt;:Meissenger
i.Presentation, 1= 18-7& - S g '
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APPENDIX B |
MISSION STUDY DETAILED RESULTS
In Section 3 all miaaion work was condenaed into a
specific format, called the “"generalized analysis approach."
However, several analyses were conducted in more detail with
trajectory runs., The missions analyzed included (1) Mercury

orbiter, (2) Comet Encke, (3) Comet Halley, and (4) out-
of—the-ecliptic. The basic results for the last of these:

four missions were adequately discussed in Section 3. Ad-
'ditional ~detailed results for the other three missions are

diacussed ‘here.

“A. HERGURY ORBITER (MO) MISSION

‘The MO mission was analyzed to clarify certain

-characteristics that bear on thruster requirements, Specifi-

cally, efforta were directed toward evaluating trajectoriea.
that would »liminate . potentially severe thruster thermal
requirements. . By constraining the nominal thrust vector to’
be directed 90 to the sun line, thruster thermal loading
should be controllable well within presgsent thruster limits.
Since a mission “pepalty“ might be expected from such a
constraint, this analysis was initiated to estimate the order-
of—magnitude of the effect of the conatraint on payload and/or

C£11ght time.

‘Two aeries of trajectoxy calculations were made to bound
the required acceleration levels with thruat attitude con-~
strained to be 90° from the sun linpe:

° - Low Power, Low Acceleration, This case is similar

... .to previous _ JPL esults, with a high launch energy
(63 = 25 kM“/sec”®), power of 16.1 kW (maximum of
2177 kW), injected mass of 3827 kg, but with a

conatraingd thrust angle and acceleration level of
16 ox 10 : '
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. High Power. High Acceleration. For thia case, low
' thrust propulsion is traded for launch energy. The
launch nags was raised to 5720 kg for-a C3 of
4 km2/sec?, power level was 28.4 kW (38, g kw
maximum), and acceleration of 2.07 x 107

Figure B-1. presents the approach velocitiea for these two'
cases, Although the low acceleration rums are connected by
a dotted line, they are actually discrete solutions which do
not exist at intermediate points.. . Each .solution represents
a discrete number of'nfbit revqlutionaa The low atceleration
level, with constrained thrust attitude, can give similar
flight times to the unconstrained JPL case hut at a'cost of
higher approach velocities, . Alloning flight times to increase
(utilizing coast pericde)'can;g:eaﬁly reduceithe_apptoech L
velocity. Approach velocity is important because it strongly
influences retryo requirements. | : | o

Figure B-2 depicts both the approach mass to Mercury
and the net orbited mass. A 500 km by 6 hr orbit was plotted-
for comparison of trajectories. All cases use the same high.
thrus;Aretro propulsion assumptions after ejecting a propulsion
system rated at 55.3 kg/kW. (This is the value used by JPL).
The results show chat aithough the higher acceleration and |
'nponer.can orbit about 1250 kg, it is possible to orbit 119C
‘-Rg for a much'lower power if flight time is increaeed._-The:
relatively emall difference probably does not juetify the.
added propulsion system expense, unleea flight time must be
conetrained to low values. Alsc,'comparing Figures Bl and
B-2 shows that reducing the approach velocity to below about
1 km/sec reduces net orbiced mass Becauee'the'total velocity
starts to be more effectively delivered with an impuleive
high thrust retro.

The total number of thrusters required is shown in. Fig—-'

ure B=3. The purpose of the figure is only to determine whether
-_the 30-cm ehruster is adequate for the mission. It is not

intended to be used to select a mission profile or nominal
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power level, The range of injected masses adequate feor a
Mercury orbiter mission was found to be 3000 to 6000 kg from

literature sucveys and other HAC studies. The acceleration
levels appeared to be bounded between 1.6 and 2,1 x 10_5 2. g
HAC EPSTOP computer runs were also made to determine the
required number of 30-cm thrusters and spares using the _
reliability computations with acceptable thruster reliability .
greater than 0,995, The results, presented in Figure B-3,
show that a maximum of 16 thrusters would be required for the
seeningly least desirable misnions with high power levels
(though these missions may still be acceptable). The lower
power profiles would probably require 8 to 10 30=-cm thrusters,
depending on reliability requirements. For these calculations,
only thruster reliability was considered since the intent was.
to define thruster requirements.
From this work, we concluded that the existing 30-cm
thruster can adequately support a range of sezmingly acceptable
MO missions. The 90° thrust attitude constraint significantly
reduces the thruster thermal level thac would be experienced
in the unconstrained case. The impact of this constraint is
mainly reflected in slightly increased flight times.
_ The Mercury orbiter mission was also used to 1llustrate
the sensitivity of mission performance to propulsion system
specific mass. The variation of propulsion system mass with
thruster lifetime is shown in Figure B-4, which uses detailed
trajectory computations from EPSTOP. The propulsion system
mass (see Section 3.B) is plotted versus thruster lifetime,
The Mercury orbliter mission is a fairly long duration mission
and typically would require 32,000 A-hr wearout lifetime for
a 2 A thruster. If the actual lifetime of the 2 A thruster

is greater than that value, no savings in propulsion system

il
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masa over that shown in Figure B4 would occur. Op the other
hand, if the lifetime ig less than 32,000 A-hr, spare thrusters
must be carried to replace those that wear out. Every point

on any of these curves in Figure B-4 has similar reliability
(at least 0.995) and flies basically the same trajectory.

Assuming 20,000 A-hr as a representative thruster life-
 time,~Figﬁre B~4 indicates a small mass savings (4 thrusters
or 68 kg) obtained by inecreasing the thruster lifetime to-
'32,000 A-hr,  A;te:native1j, 1f the beam current is increased
“to 4 A, with a wearout lifetime of 20,000 A-hr, the propul-

.'sion system mass would decrease by almost 200 kg. The rela-

“tive wass savings from increasing beam current from 4 A to
12 A is less than 80 kg, which indicates that most of the .
beneift could be obtained ffom raising beam current from
2Ato 4 A - " o
'-Tﬂé'iotilvﬂuﬁber of thrusters is indicated by the.dashed
lines in 'Figure B-4.  These lines are not straight veftical
lines because of the fgvorable tradeoff in reliability at
higher beam currents ﬁhén each thruster operates .for a shorter
period, Thus, a large decrease 1in Propulsion system mass
(gnd 8 correspondingly large Increase in net payload) i1s ob-
tained by raising beam current if thruster lifetime (in terms

of ampere-hours) can be maintained relatively constant,
creasing the lifetime of the thruster

In-
helps somewhat, but

relatively large changes in'lifetime.

B. COMET ENCKE sSLow FLYBY MISSION -
During the study,
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An Encke slow flyby (4.5 kn/oec) trajectory was ‘simulated;
the results ara shown in Tabla B- 1. The reference trajectory
was that obtaincd with the EMT power variod at conatant beam
voltase. For all options except the last two (whieh incorpo-
rata a two-fold increasa in module power), the raaulting per-

formance variation is less than 10 kg. These results suggest

that a amall performance gain and a reduation in power may be
obtained by oparating near tha pervaance limit., It is not
surprising that performance is improved by 1nerelaing affician-
¢y or decreasing thruater mass.

On the other hand, the large performance increase caused

by increasing maximum beam current is lmportant, and this i«

the primary result of this portion of the study, The large per-

- formance increase is not due to imprOVed thruster efficiancy

but rathexr to propulsion System mass reductions due to using
this operating condition., This option could also be compared -
to increaains specific impulse, which also yields a substantial
gain in net spacecraft mass. The last cases in Tahle B 1l ware
chosun to yield the same modyle pover (5.2 kW at 4100 sec and

2 A) as for the 4 A, 3000 sec case, Both cases give a large

payload improvement, but the highear 1 sp requires a 35% increase
in power.

C. COMET HALLEY MISSION
This effort was performed at a time when the Comet Halley
mission was being actively contiidered by NASA, Since it is

quite late to start the Program, thia information is only
for the record. L

1. Comet Science

The next appearance of comet Halléy has an eatiﬁated
perihelion date of February 5-9, 1986; the uncertainty is
due_to the postulated presence of nonigravitational'decelarating
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Table B-1. Effect of Varidus Thruster Obéracing Conditinns on
' Encke Slow Flyby Trajectory o

340

- o .,Tot#i Thruster ;  Relative
Condition Power at 1AU, kW Net Mass, kg
cchst'an:_xép = 3000 19.8 0.0
Qonstant”lép = 2850 19,0 +.2
- Constant I,= 2700 18.2 -3
“Ferveance Limit Throttling" 18.2 “+5.5 .
I.s2 A . SR ' '
BTN T
Variable‘Isp_ | 18.8 -2.5 |
Constant Utilization Efficiency U 19.4 48,8
and Beam Divergence :
Total Efficiency Increased 1% 19.6 +3.4
Thruster Mass Decreased 1 kg 19.8 +10.0
_.Hakimum Beam Current = 4 A_ o 18.4 +267.2
Constant I_ = 4100 sec 26.8 . +64.6
6119
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forces (mase ejection under the influence of solar radiation
heating). Earth-based sightings will recover Halley's comet

 when the nucieaf-b:ightnesa is about 20th magnitude, which

may occur in 1983 and could refine the estimate of when the
perihelion will occuxr, Unfortunately, the along track distance

“will be the 1eaet sensitive to optical mnaaurements.reo con-

eiderable ephemeris uncertainty will probably exist.

The Whipple icy congolmerate model of cometary behavior
is currently most widely accepted; it views comets as "small,
fragile, low-denaity structures of frozen gases, well mixed
with dust and larger debris. Approaching the sun, the gaaea
begin to vaporize from this nucleus, forming an extended:
atmosphere of dust and gas (seen as the coma) which st:eems
back under the influence of solar presaure_and'the‘soiar wind.
to form tails." The burst of activity noticed at about 3 AU
from the sun may be caused by water vaporizationm, which is
thought to be the major volatile component of most comets.

Imaging. the nucleus has a high priority'becausera nucleus
has never been seen, oﬁly postulated. Mass epectroscopy and
dust analysis also heve high priority in studles of the origin
of comets and of the composition of the nucleus. Heasurements
of the existence, location, and physical properties of the
solar wind and bowshock interactions (with potential contact
surfaces) is of great interest to plasma phyaieiats_

The desired mission scenario, a spatial survey, would
probably satisfy most science objectives. The spacecraft
would enter the bowshock, traverse the coma, and then image
the nucleus. Then it would f£ly glowly through the tail in a
manner that would maximize the data collection time and
distance from the nucleus.

Tradeoffs among science return, inatrument development

requirements and costs, and approach velocity (trip time
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Probably favor & slow fly«through of 1't0'2 k@/seé:(;f_poaqiéi

__ble)._ 

b, ' Trajectorx_Analzais,

JPL_?ioﬁ.driv¢?~tréject5fies #n rié“¥ea'3‘6 and 3;7e=,Thé'1992;'

launch oppdrtunity has:rendezvous'jhst_ontside of_i'AU:atLSO__'

dayé;p:idr to closest approachr The tréjegtprieg;iﬁ §he fo1--' '
’ 16wingwané1yais leave the a:rival data unconétraingd'(but'Iess"'
than 3 AU) . Fixing the arrival date could a;fect-thg.miqimgm__{

modeled. The chief cause ig ﬁarying.p:opel;aﬁt1qgili§atibn'-_
with ;Bp;-but'the"exaét trajgctoriés are hlsoﬁa function of

~launch energy (03, or, equivalently; initia; mags),:intiq;_.

Power, and technolqu_;evelﬂapeCific maég'of-the'pfopﬁlaiqu 

. 8re shown in Figures B-9 ¢, 3-14. .Thqu'1§unch3appqrtunities'?

occur éarly;in each léungh'yé&f”for'fhe:pre-perihelion Comet

Halley fly;throughs. ‘Four thruster ang syatemﬂtechnology Ievels L
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AV, PROPULSION SYSTEM VELOCITY ADDITION, KM/SEC
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Figure B-8.
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Figure B-12, Power requirements, 1983 launch date.
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are presented. The first is the present engineering model
thruster (EMT) with present technology power conditioning
and solar panels., The EMT operates at 2 A and 3000 sec"Iéb.
When spares are added, the propulsion system specific mass
aba becomes 45.5 kg/kW.

The next two systems have modified EMTe. The first
assumes an I ap of 5000 sec; the second assumes a beam current
of 6 A, Power conditioners are modeled according to present
technology estimates of masses. In tihe second case, increased
wearout rate of higher beam current thrusters necessitates
(hruster replacement due to wearout. As one thruster wears

out, a replacement thruster is connected to the power condi-

"tioner 1in a manner similar to that occuring in a thruster

failure, Specific masses of the two systems are 32 and 29
kg/kW, respectively. h .

The final system modeled contains an advanced concept
thruster operating at high beam current (6 A) and high IBp
(5000 sec). This thruster is assumed lighter and more ef-
ficient than the EMT. Corresponding breakthroughs occur in
powver conditioning and solar panel masses to yield an
extremzly light system having L of only 14 kg/kW. This
qpa is still somewhat higher than the ion dr:l.'ve3 system with
a value of only 10 kg/kW (a & kg/kW difference)

Figures B-9 and B-1lf. present the reaults of the March
1982 raunch opportunity. The net spacecrafi maee is given
in Figure B-9 as a function of deaired approach ve;ocity and

technology ‘level and compared to an estimated mass of 450 kg

__requ{red'for.this.type of miasion. None of_fhe technology

levels is eapable of rendezvoue with the'reqoired'mese,'but
the advanced technology comes very close Gu 1 km/sec) In

fact, the extra payloed delivered by the ion drive syetem

with its 4 kg/kw: difference at about a 100 kW power level
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could achieve the rendezvous. The three present power

technology levels do show some approach velocity improve-

ments with thruster changes at 450 kg (18 km/sec¢ to 12 km/sec),

but, as seen in Figure B-10, higher power is required.

Figure B-10 depicts the same trades as Figure B-9 in terms

of power required for a 450 kg aet spacecraft, Whenever a
technology's performance 1s greater than 450 kg (in

Figure B-9), the Shuttle payload is scaled to decrease the
power requirements (i.e., initial mass), but -acceleration, 4V,
and propulsion system characteristics are kept constant.

The penalty for the 6 km/sec decrease in approach velocity

is now clear ~ over 30 kW of increased power is required (i.e,,

from 50 to 84 kW). At a potential $500,000/kW of solar panel,
the cost for the 33% extra scilence time is very high. Simi-
larly, the power/cost for reducing the approach velocity
towards zero is extraovdinary for even the advanced technol-
0FY. ‘Reducing the approach velocity from 4 to 1 km/sec more
than doubles PD (from 50 to 110 kW), These values are con-
sistent with the ion drive results when efficiency differ-
ences (0.74 versus 0.76), acceleration levels, and aps are
taken into account. Small technology changes require large
power jumps because of the asymptotic nature of the curves.
For each curve in Figure B-10, the last few km/sec changes
in approach velocity (above the 450 kg limit) causes high
relative changes in power level, A clear message is that
the trajectory requirements are barely satisfied, and any
slight change in technology will be extremely costly,

The 1983 opportunity is depicted in Figures B-11 and
B-12, in which trends similar to the 1982 launch are exhib-
ited, The basic difference is the minimum approach velocity,
which is now about 10 km/sec for the unconstrained arrival
date. The three present technology curves (EMT and modified
EMT) are also closer to each other in approach velocity
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Performance (<4 km/sec) but still differ significantly in
Power requirments (>30 ky in Figure B-12), Again the lower
regions of approach velocity for each technology implies
large increases in power levels, For eXample, decreaaing
the advanced technology from 21 to 19 km/sec raises power
required from 35 to 115 kW, a threefold increase,

The curves for the'1984 oppoertunity (Figures B-13 and
B-14) exhibit a sti111 further decrease in the difference
between technology levels, Above 20 km/sec, large increases
in net spacecraft mass result from small increases in approach
velocity, wﬁich show.that technology level ig important.
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APPENDIX C

EARTH ORBIT COST MODEL PROGRAM LISTING

Computer programs were written to model the cost methodology for
both the orbit-rising and on-orbit cost‘models'descr;bed in Section 4
of this report. These programs were developed and used with the DEC
System-10 time-sharing service and were written in FORTRAN IV. Copies
of the listings for the three principal versions of the orbit-raising
and the on-orbit programs are presented in Tables C-1 through C-6,
These listings are for Shuttle era baseline cases run using Xe pro-
pellant and an initial mass of 25,000 kg.

The three versions of each cost model produce outputs which

calculate
® Cost per net payload ($/kg)
] : | Normalized cost breakdovm for
’ each major subsystem
™ Mass breakdown (kg) for each

major subsystem

Each of these programs plots the chosen variable (e.g., cost per net
payload) as a function of'ISp with any of the other input varjables as
a parameter. Since most of the equations are common to all of the
programs,_only the orbit-raising version is discussed here. The
nomenclature used for the various parameters follows fhat used in the
computer listings in which all the program variables use only dapital
letters. In the listings, multiple statements on a.line are separated
by semi-colons.

The computer program uses specific impulse (XISP) as the inde-
pendent variable, over the range from 3000 to 18,000 sec. For argon,

the beam voltage VB is given in terms of the specific impulse XISP as

vB = [x1s/199] 2 . (c-1)
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This relation is derived from the expression

- 'y 4, | .
- M tn, 2eVB |
_;sp'v,g'[ g ] MY (c-2)

n =081 T ey

-

where

n, = 0.067
Y = 0.958 - |
M~ 6.63 x 10726,

N

I ‘
-For=Hg,'Xe, or'Kr~prope11ants, the expression on the right hand aide of
Eq. C-1 should pe multiplied by the mass ratios listed below:

Propellant | W/i Argon

Hg 5,022
Xe 3.287
 Kr 2,098

For eﬁample, at 4000 sec, VB = 404 y for Ar and 2029 v for Hg {assuming
‘the same nl, nz; and y). After the program calculates the beam voltage,
the begm current per module IMOD is calculated from the assumed module
(beam) Power ag ' ‘

Perveance equivalent to the 30-cnm thruster, Experimentally, using
'mercury Propellant, it ig found that at g beam'vbltage of 1000 V and a
nét to total ratio of 0.7, a bean current of 2.33 A can bé';xtracted

from a 30-cm—diameter thrugter, Or, in general, at R = 0.7,

l. 'I 2
Tvop = Veozr( va J'% fp Y2 (c-5)
1000/ " |30
| 370
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where the VCOEF for different propellants is listed below:

1| Propellant | "'VCOEF, A | 'VCRIT, V

Hg 2.33 3462

Xe 2,88 3005

Kr 3.60 2590

. Ar 5.20 2026
6119

The parameter VCRIT is the voltage at which the extracted beam current
is the maximum possible for a given thruster diameter because of thermal
limitations., For the 30-cm-diameter thruster, a thermal analysis
predicted a maximum possible beam current of 15 A; in general

D\ 2 |
Lop = 15 (53) : (C-6)

The computer program solves for the thruster diametef at a given VB and
IMOD using Eq. C-5 for VB <:VCRIT and Eq. C=6 for VB> VCRIT. The
parameters VCRIT and VCOEF for Ar become 12.04 A and 1,158 V for R =
0.4 and 3.57 A and 2,605 V for R = 0.9,

After the thruster diameter is calculated, the thruster mass XMASS
is calculated using the empirical for.ula

XMASS = 0.078 D133 (kg) | (c-7)

and the PPU specific mass (kg/kW) is calculated from the empirical
formula

- 1op
ALPPU = 10 [ ..503 log (PMOD) + 1.153] (kg/kw)  (c-8)
where PMOD is in kVW.

From the assumed velocity change DELV and initial mass XMO, the
final mass XMF and propellant mass XMP are calculated using the rocket
equation., The jet power PJET is then calculated from the'propellant
mass and trip time SEC as follows: ‘

2
xe [ g * xisp)] _
2 (SEC) : (€-9)

PJET =

7nn



The total ihpu; power PTOT is calgulated by dividing the jet power by
the product of the thruster, golar cell, and the PPU efficiencies. PPU
efficiency is assumed to be constant at 0.95. Thus,

PTOT = PJET (EFF * SOLEFF * 957 L, (c-10)

where the thruster efficiency is given by

0.84 VB ~

Eq.C-11 assumes a discharge power of 200 eV/ion and a fixed loss of
20 eV/ion. The 0.84 factor in Eq. C-11 results from using the same mass
efficiency and loss faétora as for the 30-cm thruster at 2 Aof H§+
beam current. The solar cell efficiency is determined from the total
electron f£lux (input) and a degradation model.

The number of operating modules NMOD is calculated from the jet
power by dividing the latter by the assumed module beam power,

NMOD = PJET/PMDD . : (Cc-12)

Stand-by redundancy for both the thrusters (ROT) and power processors
(ROP) is included in the modeling. Thus NOP, the total number of PPU
modules, is given by '

WOP = NMOD [1 + ROE} (6-13)

which assumes that the 1ife of the PPU is much greater than tﬁat of tie
mission. The number of thruster modules, NOT, is calculated from the
thruster lifetime LT and the total trip time TOTRIF as '

NOT = NMOD (—"‘%—IT‘—E-) (1 + ROT) . (C-14)

Fof most cases, thruster 1ifetime is taken as a constant equal to 10
hr. However, the computer program has an optional empirical formula

that calculates thruster lifetime as a function of the beam current

372
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density., In Eq. C-14, the total trip time is obtained from the sum

of the down time (DOWN) and the up trip time (TIME), This calculation
is done iteratively since the down time depends on the down propellant
mass, MPDWN, which is not known until the vehicle mass, MORV, is cal-

culated for the up trip. Thus,

MPDWN = MORV [1 - DELV/GISNF )

In Eq. C-15, it is assumed that the same GISP, DELV, and PTOT are
used for the down trip and for the up trip.

After tﬁe above calculations are made, it is a straightforxward
algebraic calculation to calculate the other system maases‘and COA4tSs.
Since these formulas are in the computer listings and have been
discussed in the text of this report, they are not repeated here. A
summary of the mass and cost nomenclature used for both the orbit-
raising and on-orbit models is shown in Table C-7.
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__Table C~7. Summary of Nonenclature.-for Cost Models

' " MASS DEFINITIONS

“orbit on
Raising Orbit
MRT MOT Thrusters, Gimbals, etc.
MRPP MOPP PPU |
MORP MOP Propﬁellant (up)
MPDUN e Propellant (down)
MRPT MOPT Tankage" L
MRSM MOSM Structures and Mechanisms
MRSS MOSS Subaystems |
- MRW MOW Power
MORV MOOP Vehicle
MsP - MOSP _P_aylogd
COST DEFINITIONS
orbit On |
Raising Orbit
CRT coT - Thruster Costs
CRP COP PPU Costs
----- COPT Propellant and Tankage
CPROP | =-—- Propellant
CTANK e Tank
CRSM cosM Structures and Mechanisms
CRSS cos$ Subsystens |
CRW cow Power
CORD cobD | DDT and E Cost
COPT ~IPS Time Dependeat Cost
. GORI o1 Integration and Testing _
ICO‘PF ------ " Costs not associated with electric ORV
1 ———— Launch Coat | '
m—— CTO Earth to Orbit Cost

gosy sl ey s
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APPENDIX D .
RELIABILITY AND REDURDANCY

factors should pe approximately '0.15 o 0.20 to assure high reliability,
However, changes in redundancy factors Produce only a small change in
the cost per kilogram of payload calculated by the cost model,

A. ANALYSIS

Standby redundancy is the technique considered here for increasing
the reliability of the thruster and ppy systems. As shown bélown the
reliability of these systews can be increased to any desired level-if
enough standbys are used, It is shown in Ref, D-1 that i{f the failure
rate of a single unit 1s A (failures/hou then the reliabiliey of 4
single unit operating for t hourg will be

This exponential law is derived on the assumption that the failures are
random (i.e., chance failures) and that their statistics are given by
the Poisson pProcess, Mathematically, this means that the Probability
of exactly n failures occurring in a device during a time interval t is

P(n, T) = e "ATAA T) (E~2)

. n
R _— "mAtZ (mt) : (3_3)




Figure D-1 shows eq. D=3 plotted as a function of the numLer of
operating units m for a redundancy of 0.15 so that the number of
standbys was given by

n=0,15m (integer part) . (O~4)

The sawtooth behavior in the computed reliability is caused by the
step function changes in the number of standby units. For example,
as m varies from 14 to 19, the PPU reliability decreases because
the number of standbys (two) remains constant while at m = 20 the
standbys increase to three, producing a sudden jump in reliability.
The results shown in Figure D-1 were computed for t = 104.hr
3 and 5 x J.(l“6 for the thruster and PPU,
respectively. We are also assuming the reliability of the switching

necessary to turn on a staudby is included in these failure rates.

and an assumed A of 10

Figure E-1 shows that above approximately 200 units the total thruster
reliability is greater than 0.99, while for the PPU this reliahility
is achleved at about 40 units.

Reference to Table D-1 or D-2 shows the number of operating
units for a wide range of mecdule power a:lld.Isp and indicates that the
number of operating modules varies from " 2,000 to v 25 depending
on thg medule power and Isp' The results shown in Figure D-1 imply
a higher redundancy than 0.15 would be needed for the lower number of
modules. However, comparing the data in Tables D-1 and D-2 shows that
the cost/kg changes less than 1% for more than a 100% change in PPU/
thruster redundancy. Thus, the use of a constant redundancy factor
produces a total thruster and PPU reliability which varies depending
on the module power level and beam current density. Henceforth, a
PPU and thruster reliability of 0.2 will be assumed that will provide
a worst case reliability of > 0,99 for nearly all cases,

376



‘f"“?_“.:‘;

o § R | FIRETR

L e

r—

’ L
i
i
¥

.

T

P

o —d

RELIABILITY

1.000

0.1230

0.980

0.970

0.960

0.950

0.940

0.930

0.920

0.910

0.900

NUMBER OF OPERATING UNITS'

Figure D=1, Reliability/redundancy resules,
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Table D-1. Tabulation of Orbit Raising Cost Mcdel Parameters as g
Function of Isp with Module Power as a Parameter,

Mo = 106 kg AV = ¢ km/sec
At = 100 days Lorv = 1000 days

Thruster redundancy = 0.10
PPU redundancy = 0,05

-

b

=

I, umber of| Total Thruster | ‘Thruster P 1 Payload
sp perating! Number of Diameter, Life, tota Mass,
sec Units | Thrusters cm b M 1073 4 Ky

PlOD= 24Ky

.l.ll.‘ ......l.....‘....

, 48R 631 957 182.6  173y6,3 23.2 467,4
i 020d, 47 6993 6643 3711.5 28,7 463, 3
b oecoe, 13l 27e9y 32,3 1240,3 35.4 4e3,.1
ledag, 1650 54452 21.8 806,1 42,7 32¢,9
lzoee, 1996 6519} 18,2 836,41 50,3 228,9

PLOD= 59KW
-..ll...tl.....l'.......!

400a, 252 B3 288.4 17396,3 23,2 325.5

6504, 38 2761 14,8 3711.5 2847 58546
Svée, 524 11156 Slaed i24p,3 35.4 453.8
icedg. 664 21621 34,5 606.1 42,7 36l.4
i20e0. "9% 26076 28,7 62641 56,3 299.9

PrUD=1¢dKw ' :

BT IS AT L 408.4 17396, 3 23.2 525.2 i77. ¢
6ui, 194 1384 148,2 37i1.5 28,7 527.1 241,
6960, 262 5575 1242 1246,3 15,4 479 .4 288,

12660, 393 13¢3g 46,6 89641 50,3 335,7 551. E

PAUD=250Kn 91]

--o.ooo-oon.ctol.u.onoo-o :
4800, 63 95 577.6  1739¢.3 23,2 539,3 1664 =y
6400, 97 692 209.6 3711.5 28,7 542,3 196, 4
8620, 131 2789 102.1 1248.3 35,4 497.5 263,21,

ivdae. 165 5495  gg.g 82641 42,7 423,5 357,~
12080, 199 6519 57.4 86,1 50,3 360, 9 484,07
L,

PUCD=509KW | o

BT e $13.,2 173963 23,2 5522 157.6[ff
BUBE . 33 276 331.4 37i1.5 28,7 5560 164,30
5003, 52 1ii5 161.4 12449, 3 35,4 513,35 242.9

18088, 66 2i62 189, 5 5064 42,7 6526 [!

- 1290, 79 2ppn 99,8 813641 5043 363.4
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Table D-2. Tabulation of Orbit Raising Cost Model Parameters as a

Function of Iﬂp with Module Power as a Parameter.

Same input data as Table I, except:
Thruster redundancy = 0,2

PPU redundancy = 0.2

Py
‘*?8003 QU;GE’S
Ury
i Number o Total Thruster | ‘Thruster Payload | Payload
sp Operating] Number of | Diameter, Life, total Mgas Cost,
sec Units | Thruaters em hr Md 1073 x kg | $/kg
LNOD= 20Kw
LB N N R N N Y N EE R EEEEE ] [ N N
4050, 631 i6dd 182.6 1739643 23.2 467 .4 231.8
6230, 97g 753¢ 6643 37i1.5 28,7 4633 291.2
3180, 1310 32425 32.3 1240.3 35,4 433.2 429.8l.
16E0%. 1656 58956 21.8 8A6. 1 42.7 32i.d 64546
12000, 198 7i1is 1842 80641 50, 3 229.0 102643
FHOR= 50K ’
..-.....-".-......‘...... %
460G . 252 417 288.6 173963 23,2 50545 194.6) |
6600, 3188 3912 104.8  37i1.5 26,7 505.6 236.6] |
E60%, 524 12170 51.1 1246, 3 35,4 453,9 33i.6| |
lobog. 668 23586 34,5 806.1 42, 381.6 471.06| |
L2000, T4e 28447 2847 8061 5643 300, ¢ 674,08 |
i
PEOL=iBBKW j
4600, 126 268 408.4  17396.3 23,2 52542 178.1| 1
6600, 194 1506 148,2  3711.5 26.7 527,1 212.8] |
8420 . 262 6885 7242 124¢.3 35,4 475 .4 294 .6 é
16020 . 332 11793 46,7 896, 1 42,7 4i2.1 402.2| |
12665, 398 14223 10.6 80641 5043 335, 8 55546 ‘j
P&OD=2066Kw | J
......I...-‘....I'...-‘..
4669, 63 104 577.6  17396.3 23,2 539,73 167.2) 1
6960, 97 753 2€S.6 37i1.5 28.7 542. 3 197.4
8UBY . i3l 3842 1i02.1 12463 35,4 497.5 26446
16080, 165 5896 68.9 8061 42.7 433.6 159.6] |
12800, 199 7111 57,4 806.1 50,3 36i.1 486,50 ¥
BHOD=500 KW 1 i
T iou. 25 4l Yl3.2 1739643 23.2 59242 i5¢,4] |
50N . 18 301 331.4 37ii.5 2647 556, 0 itdon| |
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APPENDIX E

ON-ORBIT MISSION AV MODEL

As part of the on-orbit mission cost modeling analysis, it was
necessary to estimate AV requirements, Thrust is required for both
station-keeping (orbit perturbations) and for attitude control,
Obviously, the magnitude of these forces and torques is highly
dependent on satellite mass and shape. Based on a review of space
power sateliite (SPS) studies, the following equatior for total impulse

per year (N-sec/yr) was developed:

K 1/2

Tmpulse = 50 MS + 150 AS + 6 x 106 R3 MS AS ’ (E-1)
8
where MS = satellite total mass, kg
A,S = fatellite area exposed to sunlight, m2
K = eartn gravitational parameter
=4 x 105 km3/sec2 -
RS = satellite orbit radius.

The first term represents north-south stationkeeping, the second

term accounts for solar pressure (orbit and attitude perturbations),
and the third term accounts for gravity gradient torques, The sole
purpose of this equation is to estimate the magnitude of the Av
requirements for a range of satellite sizes and is not considered to be
more than a rough estimate. The details involved in obtaining this

equation are discussed in this section.

A. STATIONKEEPING PERTURBATIONS

Of the many possible perturbations that might affact a satellite
orbit, four were considered: (1) east-west forees, caused by
"triaxiality;" (2) north-south forces, caused by solar and lunar

perturbations; (3) solar pressure; and (4) microwave emission from an
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antenna., East-west forces and microwave radiation were neglected as
being small compared with others,
The north-south forces result in a AV requirement of about 50 m/sec

Per year. Using the relationship between average thrust and Av,

- av .
T = M At (E~2)
and
Impulse = T At . (E-3)

Thus, the first term in Eq. E-1 is simply 50 MS.

Solar pressure force on typical arrays is approximately 55% of

that for a perfect reflector, This translates into a Pressure of

Fop = (0:55) (D) (4.4 x 107%) = 4.7 x 1076, y/m. (E~4)

The force associated with solar pressure is

F_=4,7% 10" A, N, (E-5)
sp S

and the annual impulse needed to balance this force is approximately

1sp = 150 A, Nesec/yr, (E-6)

B, ATTITUDE CONTROL PERTURBATIONS

The two major attitude perturbations considered were Bravity
gradients and solar-pressure/CG-misalignment. Gravity gradient torques
are important if the moments of inertia of the satellite are unequal.
Since sun-line orientation and antenna pointing place several limitations
on satellite configuration, the moments of inertia for large-area
satellites (e.g., SPS) are significantly different, 1In addition, when
large masses and large dimensions are involved, the Bravity gradient

torques are high.
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Clearly, without a given satellite design, gravity gradient
torques can only be grossly estimated. The order of magnitude of this

torque was assumed to be

I B ,
Torque = 13 Mswo AS . (E-7)
where
Wo = satellite orbit rotational frequency
. [\ 172
R3
s

7.3 % .10_5 rad/sec at synchronous altitude.

The angular momentum Per year associated with this torque is approxi-
mately

6

Momentum (GG) = 3 x 10 —53 M A, Nem.sec/yr . (E-8)
R s's
s

The impulse required to compensate this momentum can be estimated by

assuming propulsion forces are applied with a lever arm (LA) length
equal to

LA = 1/2A51/2 . (E-9)
such that
Impulse (GG) = 6 x 106 53 M A 1/2 . (E-10)
R s's
5

Solar pressure torque results from a misalignment of the center
of pressure and the satellite center of mass. If the misalignment is
1% of a typical satellite dimension {i.e., 0.01 Asl/z), the momentum
imparted would be

Momentum (sp) = l.SASl/2 » Nemssec/yr . (E-11)

Since misalignments probably could be kept to a few percent of typical

dimensions, this perturbation would be small compared with others.
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c. AV ESTIMATE

An estimate of the propulsion AV requirement can be obtained from

Eq. E-1. Using an MS = 106 kg and an AS = 107m2, the total impulse

requirement per year at synchronous altitude is
Impulse = 1.65 x 109 s N'see/yr (E-12)
or
AV = 1.65 x 10° , m/sec/yr. | (E-13)

This AV value was used in the on-orbit cost model calculations.
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