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PREFACE

Douglas Corporation, under NASA Contract NAS1-15004, Study on Utilization ;
of Advanced Composites in Commercial Aircraft Wing Structures. The study 1 :

was conducted as part of the Composite Structures Element of the NASA

Aircraft Energ;} Efficiency (ACEE) Program. The s'tudy program was

monitored by Herman Bohon, ACEE Program Office, Langley Research

Center.

D. 1. Watts was the Douglas Project Manager.

Principal Douglas contributors to this project were:

C.
F.
M.
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Y. Karﬁ — Composite Structures Technology

M. Wright — Structural Design , ‘
Platte — Cost Analysis : ;'
Kung — Avionics

Richter — Test

Palmer — Materials and Pr oducibility
Hartunian — Manufacturing

Retrum -~ Progi‘am Administration
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SUMMARY

A study was conducted to define fhe technology and data needed to support
the introduction of advanced composite materials in the wing structure of
future production aircraft. In the course of the study, discussions were oo
held with key personnel from airlines, the 'Fede.rél Aviation Administration i
(FFAA), and Douglas Aircraft Corhpany m‘anagement. Their participation

ensured that the study findings are representati?‘e for a broad segmenf of
the commercial transport aircraft comtnunity, |

The study accomplished the following: | | ' | o
e Definition of acceptance factors

e Identification of technology issues

] Evaluation of six candidate wing structures

® Evaluation of five program options

. Definition of é compoéite wing technology development plan
e Identification b_f fuli-scale tests - | S >

[ Estimaticn of program costs for the total development plan

e Forecast of future utilization of composites in commercial transport
aircraft
° Identification of critical technologies for timely program planning.'

A comprehensive list of acéepténce factors was formulated for the manu- -
facturer, airlines, and FAA. Concurrence with the factors listed has been

received from cognizant personnel from each of the three sectors.

A set of 24 issues was derived f‘rom the acceptance factors to form the b‘aéis
for a technology assessment, Each issue was examined to determine which |
' -tecHxﬁological or economic problems must be resolved by a compbsi'te.wing.
technology program. Recognition was given to probable contributions to the
technology by other composite programs in Government a;nd industry so that |

they need not be repeated in a composite wing technology program.

1



Eight of the issues were classified és key issues:
e Durability

™ Damage tolerance

) Craahwo'rt-hiness )

e Repair of major damage

e Lightning protection

. Mglding methods

e Nondestructive inspection methods

e  Large-scale tools,

These key issues are addressed in the development plan, Other issues will
be addressed in the process of conducting a composite wing te chnology

program, as defined herein.

Six candidate wing structures were evaluated for the baseline wing compo-
nent. The DC;- 9-32 wing was selected on the basis of size, availability for
commercial transport, availability of design data, and the presence of
design features that cov‘ef a realistic and compréhensi\#e range of composite

wing technology.

Five program options were formulated, Based on the technolbgy assess-

ment, it was determined that a common thread existed for all options:’

e Design synthesis

e Development tests

. Manufacturing technology
e Operational technology

e Detail design.
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The program options vary only in the sire and quantity of full-scale hardware
produced, in the amount of verification testing conducted, and in the scope

of flight development and flight evaluation. Details of the brogram option
which was selected for the composite wing technology program are defined

in the deve lopment plan.

A conceptual composite wing box was designed which accounted for inter-
face with adjoining structure and aircraft subsystems. A 28-pefcent weight
saving was realized for this design compared to the existing metal wing

design,

A development plan has been defined for the DC~9-32 composite wing box.

Development activities are divided into six phases:

Phase I - Preliminary Design

Phase 11 Detail Design
Phase III Manufacturing
Phase IV Full-Scale Tests
Phase V F'light Development
Phase VI .Flight Evaluation.

Full-scale semispan composite wing box hardware will be fabricated rather
than full-span hardware. This approach will eliminate the need for
opposite-hand tools and reduce the quantity of hardware produced, which

will lower costs.
The following full-scale tests are specified:
e Static ultimate

° 'D.urabi-l'ity and damage tolerance

) Crashworthiness

* Repair of major damage
e Vibration.

The production facilities and equipment forecast for composite wing struc-

tures was made with the awareness that primary wing structure would be

B
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préceded by secondary and medium primary structure utilization throughout
the airframe. A total floor space buildup to 55, 742 squareé meters (600, 000
square ‘eet) dedicated to composite structures wculd be required to produce

a production airplane with composite primary wing structure,

Total program costs for a composite wing development program are estimated

at $74. 9 million (ROM) bised on 1978 dollars, Of this total, 32 percent is
allocated to the Phase I preliminary design and 45 percent to the Phase III
manufacturing (iicludes tooling), The remaining 23 percent is approxi-

mately evenly divided amung the other four phases.

A road thap is presented for utilization of composite structures on future

' Douglas production commercial transport aircraft. This road map reveals

Company pians for a logical progression to a composite wing box on a short.
haul transpori planned for first production delivery in 1990,

The study concludes that it is highly imprebable that a production commit-
ment will be made until a comprehensive composite wing development
program has produced data and technology sufficient to resolve the

economic, progratntnatic, and technological risks identified by this study.

If the study objective of a compdsite wing box on a 1985-1990 production
aircraft is to be realized, activity must be started in 1979 on the following
key issues for which data are needed at the start of the preliminary design
(Phase I) or which must be sta’ri_:e_d garly due to the time required to produce

data and develop techlinology:

e  Repair pf major damage

» Impact damage {included in durability issue)
° 'Darhage tolerance desigh studies and tests
e Innovative molding methods

] Tooling methods {or large composite structures

‘@ Lightning protection,

-



Activity on the remainder of the durability issue and the other two key igsues
of crashworthiness and nondestructive inspection methods can be started
later in Phase I since basic data for these technologies are available to

support early preliminary design tasks.
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SECTION 1
INTRODUCTION

The overall wing study objectives are to study and plan the effort required
by manufacturers of commercial transport aireraft to accomplish the
transitio:} from current conventional materials and practices to extensive
use of advanced composites in wings of aircraft that will enter service in
the 1985-1990 time period, '

Specific wing study objectives are to define the technology and data needed
to support an aircraft manufacturer's commitment to utilize composite
primary wing structure in future production aircraft and to develop plans
for a composite wing technology program which will provide the needed

technology and data.

Figure 1-1 presents a task flow diagram to achieve study objectives.

ACCEPTANCE , FINAL REPORT
FACTORS ORAL REVIEW
TECHNCLOGY
ASSESSMENT i
DEVELOPMENT PLAN| _[ORAL DEVELOPMENT PLAN '
FACILITIES AND
OUTLINE REVIEW DEFINITION EOUIPMENT
CONCEPTUAL DEVELOPMENT PLAN
DESIGN REQUIREMENTS
® DESIGN
& TEST
® MATERIALS
® MANUFACTURING

$GEN MY

FIGURE 1-1. COMPOSITE WING STUDY FLOW DIAGRAM
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_SECTION 2
ACCEPTANCE FACTORS

A'ménufactu'rer's decision to utilize composite wing box structure in com-
mnercial transport aircraft will be strongly influenced by the. attitude of the
airline cperators and the FAA, Each considers many of the sawme facters,
mist notably structural integrity. Factors related to cost are of primary

concern to the manufacturers and the airlines.

The acceptance factors listed in Table 2-1 form the basis for the technology
assessment to identify those issues which must be resolved to gain airline
accaptance, approval for airworthiness, and a manufacturer's commitment

to production of composite wing box structure.
AIRLINE ACCEPTANCE FACTORS

During the past 2 years, the airlines' attitude toward advanced composite
structure has been changing from skepticism to a positive approach of
wanting to learn more about the new materials and to prepare for.thei.r
eventual introduction as production structural materials, To guote one
airline Engineering Vice President, "It seems inevitable that we are going
to have to take advantage of these new materials to reduce fuel consumption,
If this is the case, then we must start the gradual introduction now on
secon‘déry structure so that we can be prepared for more extensive ufiliza- |

tion inthe future.' Toward this objective, a number of airlines are currently

flying advanced composite structure in the following components:
® DC-10 rudder

e DC-10 vertical stabilizer trailing edge panel

° DC-10 pylon fairing

] B737 spoiler

e B707 flap vane

° L-1011 aile ronvfairings

'Y DIC‘-9 naéelle cowl doofs. '

paar__ ¢ INTENTIOHRLLY ‘BLANK
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TABLE 2-1 : V-
ACCERTANCE SUMMARY . | ]
MANUFACTURER | AIRLINES | FAA
STRUCTURAL INTEGRITY FACTORS : A 1 x o  x
1. MATERIAL AND FABRICATION X ' X X
2. STAT [ [RENGTH X X X
3. FATIGUE/DAMAGE TC.ZfANCE X X X
4. CRASHWORTHINESS X X X T
5. FLAMMAB|LITY x X X
f. LIGHTNING RROTECTION X % X
7. PROTECT|ON OF STRUCTURE X X X )
8. QUAL|TY CONTROL X X X
9. REPAIR X X %
10. FABRICATION METHQDS X X X
OPERATIONAL FACTORS -
W CREHABILITY X
12. MAINTAINABILITY X
13, |NSPECTABILITY X
14, REPAIRABILITY X
ECONOM|C FACTORS
15. ACQUISITION COSTS X v
16. LIFE-CYCLE COSTS x g
17. WARRANTIES . X
1 18. FACILITIES - X X
19. EQUIPMENT X X
20. PRODUCTION COSTS X X
PROGRAMMATIC RISK "ACTORS
21, DESIGN DATA X
.22, PRODUCIBIL|TY DATA X
23, SCHEDULE DATA X X
24. COST DATA x X
25. STAFF EXPERIENCE X X
26. AIRLINE ACCEPTANCE X
27. FAA ACCEPTAWNGE X X

10
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- Douglas has contacted a large number of airline oft'unals to dete rmine what
they feel is necessary before they could accept an. advanced composite
primary 'wing box structure. The contacts have been made_ by several

Com pai’;y departments,

The alrhnes acceptance of composite structure appears to depend on
assurance of structural integrity and cost. The general consensus is that
if the manufacturer and the FAA are satisfied with the level of structural
integrity of compos1te stracture, the material can be’ proven acceptable

to the airlines.

On a cost basis, the airlines are concerned with acquisition costs, mainte-
nance costs, inspection costs, special equipment and fac¢ilities, out.of-
service time, and replacement costs, An excellent in-depth discussion of

this subject is provided in Reference 1,

Cost-oriented airline acceptance factors have been identified under the

following general headings:

¢ Reliability — Unscheduled time out of service is an extremely high cost
factor. Data must be provided to the airlines to assure dispatch reli-

zoility equivalent to that of conventional structural materials,

¢ Maintainability — Maintenance and inspection costs fall in this category.
Airliﬁes will expect to see evidence that composite wing box structures
can be mamtamed as readlly as conventional aluminum structure,
I.nspectwn is a major concern. The airlines need to know what equip- |
ment they must acquire for inspections, and must train personnel to
conduct the inspections The manufacturer must supply them with !

inspection methods and FAA-.approved intervals,

* Durability — Durability in a service environinent must be proven. Chaste
laboratory tests must be supplemented with environemtal exposure tests
(heat, cold, ice, slush, skydrol, fuel, etc.) to provide credible evidence

of durabilit'f(.

) Repau-abﬂﬂ:y — The airlines will not accept structure unless workable

repair schemes have been demonstrated, Repalr of major damage of

11



composite structure is the foremost concers. Facilities and eguipment -
must be available at a mdjor repair depot, and cost-effectivé repairs
‘must be accompiiéhed in the same time span as for aliuminuin wing
structure repairs. The airlines currently consider the repairs of |
major damage é-s' & major risk item, and evidence must be presented
‘that major damage to composite wing box structire can be repaired
without incurring time-out-of:se rvice costs greater than the equiv-

alerit costs for metal striicture.

Warranty — The airlines expect the manufacturers to provide the same
level of warranty as for aluminum structure. During recent years,
warranty coverage for é'ofnfné_rcial transport aircraft has escalated

for conventional structure due to the impro\femenf in structural designs
on successive riew models. The airlines feel that this upward trend

should not be inte r'rupted by the introduction of composite structutres.

Tangible. Beniaf.it's — The airlines must be presented with evidénce that
they will benefit financially thro:'u'gh the utilization of composite
materials, There is a risk factor associated with new designs and the
composite wing box will not be wanted unless a payoff is apparent. This
should be expressed in terms of reduced fuel costs, higher payload

capability; reduced maintenance costs, and lower replacement costs,

Acquisition — The original equipment costs must.be reasonable to allow

~ the aircraft to be competitively priced. -

FAA ACCEPTANCE FACTORS

FAA aécéptance factors for advanced comiposite materials have been well

defined. Guidelines have been drafted and FAA Advisory Circular AC20-107,

entitled "Certification C‘zuidgline‘s for Civil Composite Aircraft Structures, "

‘has been published (Reference 2}, These guidelines are considered accept-

able to the FAA for showing compliance with certification requirements of

civil composite structure. It is expécted that the guidelines will be modi-

fied periodically to reflect advances in technology.

R

: Table. 2-2 lists the general topics for which g.uide line material is p:’rbvided '

and includes an index to applicable FAR requirements.
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TABLE 2-2

CERTIFICATION GUIDELINES FOR CiVIL COMPOSITE WING AIRCRAFT ST'R_U_CTURES l[

e MATERIAL ALLOWABLES ~_ FAR 25,603, 25.613 AND 26.615
' o PRODF OF STRUCTURE — STATIC | . = FAR 25.305 AND 25.307(a) l

‘e PROOF OF STRUCTURE — FATIGUE/DAMAGE TOLERANCE  — FAR 26.571 (PROPOSED NEW AND APPENDIX)

o CRASHWORTHINESS : ~ FAR 25.561,25.721, 25.801(b).(e], AND 25,963t |

s FLAMMABILITY . — FAR 25.863(b) 5), 26,867, 25,1191 AND 25.1103 .
. @ LIGHTNING PROTECTION ' -~ FAR 25,581 '

¢ PROTECTION OF STRUCTURE — FAR 25.609

e QUALITY CONTROL — FAR21.143 _

e REPAIR ' — FAR 121.367(a} AND FAR 43.13(a)

e FABRICATION METHODS - FAR 25.693 AND 25.605

MANUFACTURER ACCEPTANCE FACTORS

The decision to produce composite wing box structure will be made at the o
highest management level. Both technical and economic factors will be

assessed in the evaluation process,

The first factor to be addressed deals with the motive for the utilization of
composite wing box structures. Manufacturing cost data and the increase in
aircraft performance due to weight savings will be assessed to determine if

the benefits outweigh the risk of a new venture.

The second factor to be considered is the proven structural integrity of
conﬂposite wing box étructure. Management must be presented with evidence
that the strength, reliability, durability, damage tolerance, etc. of
composite structure have been demonstrated to be sufficient to satisfy .

concerns of the manufacturer and airline with function and safety,

Additional evidence with respect to maintenance, inspection, and repair-
ability is required to assure that the structural integrity of the composite
wing box can be maintained throughout the life of the aircraft, The evidence
- should also demonstrate that compliance with FAA regulations can b-
accomplished without undue delays in meeting the schedule or unanticipated

expenses,

13
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Once the benefit motive and technical feas ib-i_lity have been established, the

manufacturer must have the capability to design and produce the composite

wing box structure. Management rmust be confident that a low-weight design

can be created, tools built, certifiable components manufactured, and the

airplane certified in accordance with delivery schednles and within the

predicted costs to ensure that the motives for utilization of composite .

structure have not been compromised,

The capability required covers a broad spectrum in the field of composite

structures:

An engineering data base for composite structures must be available

to support early design tasks and to minimize the development costs,

Manufacturing technology must be developed to provide low-risk, cost.
effective manufacturing metho&s. The rhénufacturing methods to be used
must be established during the preliminary design; a deficiency in
manufacturing technelogy will affect cost, schedules, and structural

integrity.

Facilities and equipment must exist or must be provided as required to
meet delivery schedules, The facilities and équipment utilized for a
production composite wing box structnre influences the selection of
marnufacturing method, which in turn has a significant ir'hp'act on

manufacturing cost,

A staff of design engineers, materials and prvocess' engineers, manu-
facturing engineers, quality assurance personnel, and production
workers must be available with the necessary experience in composite
structures to serve as the cadre for training and supervising the

expanded staff required for production of composite wing box structure.

14
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SECTION 3 .
TECHNOLOGY ASSESSMENT

The acceptance factors have been translated into a set of issues which need
to be assessed as a prelude to defining the contents of a. compos:.te wing
technology program., The issues can be categortzed into four basic groups,

as shown in Figure 3-1.,

In making the assessment, each issue has been examined to determine

‘'what additional teahnolqu and data are needed to promote acceptance of

composite primary wing structure., It is assumed that all technology and

data required to design, manufacture, and certify the earlier NASA ACEE
secondary and medium primary structures will be available. For example,

the secondary and medium primary structures utilize more thin-gauge panels,

and the _néed for postbuckling strength allowables is greater than for strain-
critical wing cover panels. Therefore, although a knowledge of postbuckling i
strength is desirable for minimquWeight wing structure, it is assumed the ;
technology will be available and is not addressed in the Wing technology
assessment, Contributions from other Government, industry, and in-house
. projects have also been anticipated to minimize the composite wing tech-

nology program costs. Information on some aircraft compos.ite structure

programs which was used as reference material for the state-of-the-art

assessment is presented in Table 3-1,

Twenty -four issues have been selected for the technologyl assessment, as
shown in Figure 3-2, Of these, eight have been classified as key issues
since favorafe resolution is essential to the timely production of composite
wing structure and spec1f1c technology development plans for their resolution

must be included in the overall development programa.
STRUCTURAL TECHNOLOGY ISSUES

Five of the seven structural technology issues shown in Figure 3-2 are
class1f1ed as key issues. Composite wing structure must be produced with
the same level of structural integrity as for conventional aircraft wing
structure and evidence of this must be provided as a condition of acceptance,

" Technical data must be généi’atad'dufin-g- the design syntheeis of a prototype

15
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TECHNOLOGY ) .
ISSUES ~

ECONOMIC
ISSUES

ACCEPTANCE
FACTORS

MATERIALS AND MANUFACTURING
PRODUCIBILITY ) _ 1 OG |
RODUCIBILIT TECHNOLOGY | |
TECHNOLOGY \SSUES | |
~ISSUES | “‘

8-GEN-2179]
FIGURE 3-1. KEY 1S8SUE GROUPS
DURABILITY DAMAGE TOLERANCE
. MOLDING
] . - METHODS
. . / T
REWORK FOR ] ] C.ﬂA-SHWO.RTH NESS J
MANUFACTURING [ - -
DEVIATIONS . \ STRUCTURAL MANUFACTUAING
. hA o TECHNOLOGY - X TECHNOLOGY
ID s A . 1SSUES ISSUES
¢ @ Bl REPAIR OF o
. 4o R MAJOR DAMAGE B ]
. TOOL
THEAMAL LIGHTNING DEVELOPMENT
INCOMPATIBILITY PROTECTION
@ DENOTES KEY I1SSUE
— ‘ .
) ~o~nzsmuc1|vs DUAL!TY : ) -
TEST CONTROL -
. MATERIAL . ‘ o ' , . ‘
SELECTION .
2 S . - cosT ) . WEIGHT -
MACI4NING . . ESTIMATES : ESTIMATES
OF COMPOSITES MATERIALS AND ) MICROBIGLOGICAL
PRODUCIBILITY FYUEL
ISSUES CONTAMINATION . X _
LOW-COST L] — ‘ PROGRAMMATIC
FABRICATION . I158VES
INSULATION AND" . ‘ \
= : CORROSION
ADHESIVE
| aoNome / \ CONTROL s_cneoungs_ g:sTéi ‘

EXTEAIOR FUEL TANK |
COATINGS SEALING . . ) EXPERIENCE

FIGURE 3-2. BASIS FOR TECHNOLOGY ASSESSMENT
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TABLE 3-1
| SOME ADVANCED COMPOSITES APPLICATIONS IN AIRCRAFT STRUCTURES

STRUCTURAL - MANUFALTURING ) E
PROGRAM CONCEPT . CONCEeT CONMMENTS !
. . P : 1
DC:-10 AFT RUDDEA o 80X BEAM ) o INTEGRAL ONE PIECE © REQUIRES ONE EXPENSIVE FEMALE MOLDING TOOL - ECONOMIC FOR MASS ’ §
DOUGLAS AIRCRAFT : ) PRODUCTION !
COMPANY - MDC o MULTIRIB o USING TRAPPED RUBRER ]
'ACEE PROGRAM . PRESSURING SYSTEM o PREFORAMINGOF PARTS . i
© THINSKIN . .
. o ASSEMBLY OF PARTS AND SILICONE RUSBER IN TOOL A
. . g
o ELIMINATES MECHANICAL FASTENERS AND COSTLY ASSEMBLY ]
o MAXIMIZES WEIGHT SAVING ‘ i
® ACCESS HOLES ALLOW INSPECTION AND REPAIR E
o RUDDERS PRESENTLY FLYING ON DC-10-AIRCRAFT i
ATP JAN 1874 — PRODUCTION CONTINUING §
"ADVANCED COMPOSITE RUDDERS FOR DE-10AIACRAFT ~ DESIGN MANUFACYURING !
AND GROUND TESTS' REPORT NO. NASA CR-145068 S
NASA LANGLEY RESEARCH CENTER, HAMPTON, VIRGINIA, CONTRACT NO, NAS1-14724
DC-10 VERTICAL STABILIZER o MULTISPAR o SPARS, AIBS, AND SKINS o LOw MANUFACTUR!NG RISK |
DOUGLAS AIRCRAFT ' ) SEPARATELY FABRICATED . i
COMPANY - MDC o SINEWAVE SHEAR-WEBS o HIGH TOOLING COST :
ACEE PROGRAM o SKINS ASSEMBLED TO SUB. i
: o SINEWAVE RIBS STRUCTURE WITH © ASSEMBLY LESS COSTLY THAN METAL VERSION BECAUSE ‘OF FEWER:PARTS

MECHANICAL FASTENERS
o SANDWICH SKINS . []
o EASIER TO INSPECT AND REPAIR

ATP APRIL 1977 -~ DEVELOPMENT IN PROGRESS,

"ADVANCED COMPOSITE VERTICAL STABILIZER FOR.DC-10 TRANSPORT AIRCRAFT™
REPORT NO. ACEE-03PR-7177, 7240, AND B232, 20 JAN 1978

NASA, LANGLEY RESEARCH CENTER HAMPTON VIHGINIA CONTRACT NO, NAS1-14869

HEAVIER THAN-A COCURED INTEGRAL DESIGN

ST

-~
=
BOEING 737 HORIZONTAL o BOX BEAM - M2 By o FABRICATION OQF SEPARATE o LOW MANUFACTURING RISK
STABILIZER by SPARS AND RI!!S
ACEE PROGRAM e SKIN WITH SECTION . *¢f ) o HIGH TOOLING COST
. : STRINGERS L; o SKIN-STRINGEAS COCURED : L
&2 o ASSEMBLY LESS COSTLY THAN'METAL VERSION BECAUSE OF FEWER PARTS i
oo MECHANICAL FASTENERS |
4 " USED FOR ASSEMBLY ‘| @ EASIER TQ INSPECT ANDREPAIR .
= ATP JULY 1977 — DEVELOPMENT tN PROGRESS, i
” "AOVANCED COMPOSITE STABILIZER FOR BOEING 737 AIRCRAFT" FIRST QUARTERLY' !

PROGRESS REPORY, 18 JULY 77 — 18 GCTOBER 77
NASA, LANGLEY RESEARCH CENTER, HAMPTON, VIRGINIA, CONTRACT NQ, NAS1:15025 .
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_TABLE 3-1

SOME ADVANCED CONMPOSITES APPLICATIONS IN AIRCRAFT STRUCTURES {CONT)

MANUFACTURING

STRUCTURAL
PROGRAM CONCEPT CONCEPT COMMENTS
BOEING 727 ELEVATOR o BOX BEAM e FABRICATION ORSEPARATE L COMMENTS MADE FOR BOEING 737 HORIZONTAL STABILIZER APPLY HERE
ACEE PROGRAM : SPARS, R1BS, ANDSKINS
) ¢ SANDWICH RIBS ATP MAY 1977 ~ DEVELOPMENT IN-PROGRESS
) “"ADVANCED-COMPOSITE ELEVATOR FOR BOE(NG 727 AIRCRAFT" FIRST QUARTERALY
@ SANDWICH SKINS PROGRESS REPORT, 24 MAY 77 — 22 AUGUST 7
e MECHANICAL FASTENERS ~ NASA, LANGLEY RESEARCH CENTER, HAMPTON, VIRGINIA, CONTRACT NO, NAS1-14952
. USED FOR ASSEMBLY" . ) .
L1011 VERTICAL STABILIZER a BOX BEAM WITH RIBS (] SfFAHATE FABRICATION o LOW MANUFACTUNNG RISK

LOUKHEED AtRCAAFT COMPANY
BURBANK, CALIFORNIA

ACEE PROGRAM

RIBS — TRUSS.-TYPE AND
PANEL STIFFENED-YYPE

SKINS STIFFENEG WITH
HOT STRINGERS

OF SPARS, RIBS, SKIN-
STIFFENERS

HAT STIFFENERS COCURED
WITH SKIN

SPARS ARE INTEGRALLY

. STIFFENED

ASSEMBLED WITH
MECHANICAL FASTENERS

o HIGH TOOLING COST, ESPECIALLY WITH MpLTlPLE-RIB-DESIGNS‘
& ASSEMBLY LESSCOSTLY YHAN METAL VERSION S8ECAUSE OF FEWER PARTS

® LIGHTER THAN METAL VERSION
@ EASE OF INSPECTION AND REPA|R

ATP AUGUST 1975 — DEVELOPMENT IN PROGRESS,
"ADVANCED MANUFACTURING DEVELOPMENT OF A COMPOSITE EMPENNAGE
COMPONENT FOR L-1011 AIRCRAFT,” LR 28325 — 14 OCTOBER 77, QUARTERLY

TECHNICAL REPORT NO 7

NASA, LANGLEY RESEARCH CENTER, HAMPTON, VIRGINIA, CONTRACT NO. NAS1-14000

" L-*031 INBOARD AILERON

LOCKHEED
ACEE PAOGRAM

‘GRAPHITT/EPOXY FRONT SPAR

GRAPHITE[EPOXY RIBS

o GRAPHITE/EPOXY FACE

SHEETS WITH SYNTACTIC
EPOXY CORE FOR COVER
SKIN

ALUMINUM REAR SPAR
FIBEAGLASS END FAIRINGS
KEVLAR TRAILING EOGE

SEPARATE FABRICATION
OF RIBS, SPARS, COVER
SKIN

ASSEMBLED WITH
MECHANICAL FASTENE RS

o LOW MANUFACTURING RISK

¢ COSTEFFECTIVE DUE TO REDUCED FART COUNT

o ESTIMATED 30% WEIGHT SAVINGS

LOWER COVER REMOVABLE FOR INSPECTION AND REPAIR.

ATP SEPTEMBER 1977 °

ADOVANCED COMPOSITE AILERON:-FOR LD

TRANSPORT AIRCRAFT - QUARTERLY REPOAT NO. 3, LR 28663,
NASA, LANGLEY RESEAHACH-CENTER, HAMPTON, VA-.CONTHACT

NG, NA51~15059' JULY 1878,

BOEING 737 TRANSPORT ’
AIRCSAFT FLIGHT SPOILERS
{REPLACING ALUMINUM
SANDWICH SKIN WITH G/E
SKINS}

FULL.DEPTH SANDWICH G/E
SKINSTALUMINLUM
HONEYCOMB

SUBSTRUCTURE, SPARS
ALUMINUM, F!BERGLASS END
RIBS

-]

SKINS LAMINATED AND
CURED IN AUTOCLAVE

SKIN SECONDARY BONDED
TO CORE-SPAR.END RIBS,
AS WELL AS BOLTED TO
THE SPAR AND END RIBS

THE ALUMINUM SUB.
STRUCTURE ASSEMBLED
WITH MECHANICAL
FASTENERS

e LOWMANUFACTURING RISK

o TODLING COST COMPARABLE TO METAL VERSION

o ASSEMBLY COST ABQOUT SAME AS METAL VERSION
o CSCAN INSPECTION FOR BOND AND DELAMINATION POSSIBLE

- # REPAIA NOT DIFFICULT
ATP l.IUNIE 1972 CONTRACT EXTENDED TO 7980 —

FLYING

“DEVELOPMENT MANUFACTURING AND TEST OF G/E COMPOSITE SPOILERS FOR

IN-PRODUCTION ANG PRESENTLY

FLIGHT SERVICE ON B?37 TRANSPORT AIRCRAFT" — QCTOBER 1976

NASA, LANGLEY RESEARCH CENTER, HAMPTON, VIRGINIA, CONTRACT NO. NAS1-11668

et tien b b 0
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TABLE 3-1

SOME ADVANCED COMPOSITES APPLICATIONS IN AIRCRAFT STRUCTURES {CONT)

PROGRAM

STRUCTURAL
CONCEPT

MANUFACTURING
CONCEPT

COMMENTS .

AV.88 WING HARRIES
AIRCRAFT
MCBONNELL AIRCRAFT
COMPANY -- MDC

® MULTISPAR
& RIB BULKHEADS

® SEPARATE TOP AND
BOTTOM SKINS

® FABRICATION OF SEPARATE
SPAR AND RiBS

« UPPER AND LOWER SKINS
ARE EACHMODNOLITHIC

® ASSEMBLED THROUGH
MECHANICAL FASTENERS

» LOWMANUFACTURING RISK

® HIGH TOOLING COST
& ASSEMBLY COST LESS THAN FOR METAL VERSION BECAUSE OF FEWER PARTS

® EASIER TO INSPECT AND REPAIR

ATP OCTOBER 1975 - DEVELOPMENT !N PROGRESS,
“COMPQOSITE WING DESIGN FOR ADVANCED DESIGN* REPORY NO. NADC-76249-30

NAVAL AIR DEVELOPMENT CENTEDR, WARMINSTER, PENN., CONTRACT KO,
N62289-C0424

¥-*5 WING EAGLE
MCDONNELL AIRCRAFT
COMPANY —MDC

MULTISPAR
RIBS
SKINS BORON/EPOXY

SANDOWICH WITH
ALUMINUM CORE

STRINGERS HYBRID
{BORON/GRAPHITE!
EPOXY)

@ SPARS AND RIBS
GRAPHITE/EPOXY
SANDWICH SHEAR WEBS

@ FABRICATION OF SEPARATE
SPAR RIBS, SKINS,
STRINGERS

@ STHRINGERS BONDED 10 THE
SKING

@ SKINS ATTACHED WITH
MECHANICAL FASTENERS

® COMMENTS FOR HARRIER AIRCRAFT APPLY HERE, TOO,

ATP MAY 1971 - DECEMBER 1974 R&D PROGRAM .
“F-+15 COMPOSITE WING,” VOLUMES | AND:1I, MAY 1975, AFML-TR-75-78

AFI'VII., WRIGHT-PATTERSON AFB, OHIO, CONTRACT NO. F33515-21.C-11536

ALITVAP
aovq

T
L

o

A-4 SKYHAWK HORIZONTAL & MULTISPAR ® SPAR, RIBS, AND SKIN @ LOWMANUFACTURING RISK
STABILIZER SEPARATELY FABRICATED
. DGUGLAS AIRCRAFT & RI8 BULKHEADS . & HIGH TOOLING COST
COMPANY —~ MDC . ‘ ® SPAR AND RISS BONOED .
@ SPAR AND RIBS USE TOGETHER AT CORNCRS @ ASSEMBLY LESS COSTLY THAN METAL VERSION BECAUSE OF FEWER PARTS
SANDWICH SHEAR WEBS WITH G/E ANGLES
@ HEAVIER THAN A.COCURED INTEGRAL DESIGN .
& THIN SKIN'-MECHANICALLY )
FASTENELD @ EASIER TO INSPECT AND REPAIR

9 - ATP NOVEMBER 1969.1974 A

h":i tﬂ “DEVELOPMENT OF A GRAPHITE HORIZONTAL STABILIZER"” FINAL REPORT —
ey E.S! MDC J-6302 OR, NADC-76078-30 OR, ADA-023.767, MARCH 1976

8 tj NAVAL A!R DEVELOPMENT CENTER, WARMINSTER, PENN., CONTRACT NO.

= 5: NODY56-70-C-1327 .
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TABLE 341

SOME ADVANCED COMPOSITES APPLICATIONS IN AIRCRAFT STRUCTURES (CONT)

+

PROGRAM

STAUCTURAL
CONCEPT

MANUFACTURING
CONCEPT

. COMMENTS

AOCKWELL B-1 BOMBER
HORIZONTAL STABILIZER
STABILIZER MANUFACTURER
GRUMMAN

AEROSPACE CORP.

MULTISPAR WITH FEW RIBS

& SKINWITH INTEGRAL
STIFFENERS AND ALSD WITH
BORDM FILAMENTS

& SKINSTRINGERS INTEGRAL -

FABRICATION OF SEPARATE
SPARS AND'RIBS

MECHANCAL FASTENERS
USED:FOR-ASSEMBLY

& COMMENTS'MADE FR BOEING 737°HORIZONTAL STABILIZER-APPLY HERE

"ADVANCED DFVELOPMENT CF CONCEPTUAL HARDWARE MORIZONTAL
5TAB!LIZEH," ATP JULY 1973 - DECEMBER 1977

-AlR FORCE FLIGHT DYNAMICS LABORATORY, DAYTON, OHIO, CONTRACT
NO, £33615-73-C.5173

$-34 SPOILER LOCKHEED

@ SANOWICH CONSTRUCTION
“WITH HRP-HONEYCOMB CORE
WITH G/E.SKINS

@ HINGE FITTINGS.BOLTEG TO

THREADED CORE:{NSERTS
BOLTED INTO THE GLASS
REINFORCED CORE

® SANDWICH COCURED
@ FITTINGS: ATTACHED

-LATER

'@ LOW MANUFACTURING RISK

- & LOWTOOLING COST

& LOWASSEMBLY COST
‘@ HIGH-STIFFNESS/WEIGHT-RATIO
8 ACCESSIBLE TOINSPECTION AND REPAIR

" ATP 1974 - FLYING ON'S.3A-AIRCRAFT

“S-8A GRAPHITE/EPOXY SPOILER FABRICATION. OF TEN SHIFSETS-AND.-DAMAGE
REPAIR 5TUDY™

NADS-76234.30, FINAL TECHNICAL -REPORY, MAY 1975, NAVAL -AIR.DEVELOPMENT
CENTER, WARMINSTER, PENN, CONTRACT'NO. NE2263.75 L0428

B-1 FLAP FABRICATED BY
NORTHROP CORPORATION

@ FULL:DEPTH ALUMINUM
“HONEYCOMB WITH G/&
SKINS

@ ALUMINUMEND RiAS

- ® GIE'SPAR AND NOSE

‘@ LEADING-EDGE SKIN
STABILIZED BY 1-IN.-
THICK SLICED HONEYCOMB
CDRE RIBS

SPARS, RIBS, SKINS
HONEYCOMB SEPARATELY
FABRICATED

ALL COMPONENTS
ASSEMBLED THROUGH
BONDING

# USES PROVEN TECHNOLOGY, LOWMANUFACTURING RISK
‘@ ASSEMBLY COST LESS THAN METAL VERSION'BECAUSE OF FEWER'PARTS
@ COST APPARENTLY IS 10 PERCENT LESS THAN'METAL VERSION
% C:SCAN INSPECTION FOR DEFECTS POSSIBLE
-# REPAIR'NOT DIFFICULT
ATP MAY 1974 ~ 31 JANUARY 1975, SUCCESSFULLY " 'PASSED TESTS,
"COMPOSITE LOW COST SECONDARY AtRFRAME STRUCTURES, “ AUGUST 1976,

FINAL REPORT AFFDL-TR-764, VOLUMES | AND If, AFFIL ~ WRIGHT PATTERSON
AFB, OHIO, CONTHACT NO. F33616.74-C:5111 -

ADVANCED STRUCTURAL
DESIGN FOR FIGHTER
COMPOSITE WING'BOX
F-16 GENERAL DYNAMICS
FCRT WORTH DIV, TEXAS

* COMPDSITE LOWER SKIN
INTEGRAL WITH COMPOSITE
SPARS FROM INBOARD
PYLON LBCATION TO OUT-
‘BOARD-WING TIP

® ALUMINUM'SPARS INBCARD
OF INBOARD PYLON ATTACH
TO-EMBEDDED TITANIUM
INSERT

® USE BUFFERED.CONSTRUC-
-TtON TO. ABSORB.DAMAGE

ASSEMBLY OF LOWER SKiN
AND SPARS IN A MOLD

‘USE AIR BLADDER AND
.RUBBER:EXPANSION TO
APPLY PRESSURE DURING
CURE IN AN.OVEN

UPPER SKIN IS MECHANI-
CALLY FASTENED TO THE
SUBSTRUCTURE

INMTIAL TOOLING 1S COSTLY

LOW MANUFACTURING RISK THROUGH ELIMINATION-OF VACUUM.BAG AND
AUTOCLAVE

‘@ COST WILL BE LESS THAN:METAL VERSION AS PER LEARNING:CURVE
@ WEIGHT SAVING ABOUT- 8 PERCENT
& REPAIRABLE BECAUSE UPPER SKIN'MAY BE REMOVED

ATP JANUARY 1977 — APRIL 1979, QUARTERLY REPORT-OCTOBER 1977 — JANUARY 187B.

LONTRACT NO. F33815-77-C-3042

+
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TABLE 3-1

SOME ADVANCED COMPQSITES APPLICATIONS IN AIRCRAFT STRUCTURES (CONT)

b —

- STRUCTURAL MANUFACTURING
PROGRAM CONCEPT CONCEPT COMMENTS
CCMPOSITE STRUCTURE OF & THE FUSELAGE IS DiVIDED ® FEMALE MOLD ONWHICH THE [@ COST IS ABOUT THE SAME AS ALUMINUM VERSION, GR/EP VERSION MAY RESULT
. THE F-16 FORWARD FUSELAGE INTO MANY COMPONENTS SKINS AARE LAMINATED IN ABOUT 10 PERCENT COST SAVING PROVIDED COST OF GR/EP PREPREG TAPE
GENERAL DYNAMICS, . : UROPS BY 50 PERCERT
FT. WORTH DIVISION, TEXAS & EACH COMPONENT IS ® RUBBER MANDRELS FOR THE
FUSELAGE SECTION FHOM SEPARAATELY FABRICATED HAT STRINGERS ARE USED. ® WEIGHT SAVING IS CLAIMED TO BE 20 PERCENT
STA 60 TD STA 227 INCLUDES RUBBER MANDRELS ARE
FORWARD ELECTRONICS & COMPONENTSE ARE THEN PQSITIONED OVER LAMINATED{ @ REPAIRABLE BECAUSE OF ACCESSIBILITY AND REPLACEMENT OF DAMAGED
BAY, COCKPIT SECTION, MECHANICALLY FASTENED SKINS, AND HOT LAMINATED COMPONENTS
‘EQUIPMENT BAY, AND A TOGETHER OVER IT
FUEL TANK ATP AUGUST 1972 - NOVEMBER 1976, FINAL REPORT OCTOBER 1977, REPORY
e GR/EP, KEVLAR, AND FIBER- |& PART IS BAGGED AND NO., AFFOL TR.77-67, CONTRACT NO. FA3615.73.C.5130
GLASS ARE ‘JSED AS AUTOCLAVED
MATERIALS. SOME OF THE
STIFFENERS ARE OF KEVLAR
AND SOME OF GLASS
& BULKHEADS ARE OF SAND.
WIGH CONSTRUCT{ON :
COMPOSITE HORIZONTAL ¢ THE HORIZONTAL STABILIZER | ® THE SPAR CONSISTS OF @ DESIGN IS SIMPLE
T/IL OF THE F-16 IS OF THE SINGLE SPAR GR/EP COCURED TO A
GENERAL DYNAMICS TYPE RECTANGULAR STEEL ® COST MAY BE LOWIER
FT.WORTH DIVISION, TEXAS SPAR
® THE SPAR CONSISTS OF A ® LIGHTER WEIGHT
STEEL MEMBER TO WHICH & SPARISFITTEDINTO A "
GR/EP ARE LAMINATED TOOL AND LOWER SKIN & REPAIRABLE BECAUSE OF SIMPLIC|TY OF STRUCTURE
IS LAMINATED, BONDED,
¢ FULL-DEPTH CORE 1S USED AND COCURED TO SPAR ATP AUGUST 1973 — NOVEMBER 1976, FINAL REPORT QCTO8ER 1977
) REPORT NO. AFFDL TR-77-87, CONTRACT NO. F13615-73-C-5130
@ - S5KINS ARE BONDED TO THE ® THE LOWER SKIN I5
CORE INVERTED AND A FULL-
DEPTH NOMEX HONEY-
COMB CORE IS PREFITTED .
AND BONDED TO CORE DO
=
® UPPER SKIN IS LAMINATED paeaed
OVER CORE AND SPAR iac o)
WITH AN ADHESIVE FILM sy
IN BETWEEN AND 1S
COCURED INPLACE w Q>
pot
O
(2 %]
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fﬁ o)
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development composite wing and proof of structural integrity must be

demonstrated by full-scale testing.
- '@‘;2
e

Durability

For the purpose nf the technology assessment, durability can be defined as
the capability of structure to maintain its structural integrity throughout its :

intended service life with reasonable maintenance costs,

The durability of metal structures is usually measured in terms of fatigue
strength and resistance to pitting, stress, intergranular, and other forms
of corrosion, Composites exhibit different modes of damage such as

delamination, matrix crazing/cracking, fiber failure, void growth, fiber/

matrix disbonding, and composite cracking.

Data on the durability of aluminum alloys have been accumulated for about
50 years, The capability to design efficient fatigue-resistant structures by
means of establishing the proper working stress levels and avoiding high
stress concentrations has progrgs‘sgﬁ%ﬁﬁ%%&gn advanced state. Intergranular
and stress corrosion protglanﬁﬁ%'(aﬁe been minimized by new tempering
processes which provide \;irtua‘i"immnnization against these types of cor-
rosion, while improvements in surface coatings have drastically reduced

costs associated with pitting corrosion,

As a minimum, the airlines expect equal durability performance from com-
posite materials., Although graphite/epoxy composite materials fg?ﬁ?&-@_been
demonstrated to have excellent resistance to the civil air transb&%@hviron—

ment, long-term exposure data in this environment have not yet been accu-

mulated. The fatigue strength of graphite/epoxy composite materials is

superior to metal structure for cyclic loads in the plane of t¥e laminate, but
their fatigue strengths for the interlaminar shear and flatwise tension failure
modes are significantly inferior to the in-plane composite cracking mode,

At present, the airlines and the manufacturers want to see far more data to ﬁﬁ

prove the durability of graphite/epoxy composite winy box structure, particusts
larly since wing components are permanently joined to the fuselage structure

and cannot be economically replaced.

s
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The FAA position, as stated in Reference 1, is that structural integrity
safety levels shall be at least as high as for metal structures, The reten-
tion of material strength after long-term eﬁvirdnmental exposure must be
proven by sufficient tests on components, subcomponents or coupons io
establish the fatigue scatter and environmental «ffects, Full-scale fatigue
tests, accounting for effects of the appropriate environment, must be con-

ducted to substantiate the fatigue strength.

Five cases have been identified where the technology does not exist to

properly measure the durability of graphite/epoxy composite structures:

1. The vulnerability to impact damage

2. The resistance to loads normal to the plane of the laminate

_3._ The long-term effects of environrhent on _materia_l allowable stréngths

4, The effect of cyclic loads on component stiffness : . ' i _

5. The effects of irijzperfeC'tions resulting from material and'mandfacturing

deviations.

Impact damage is a key issue because of the constant exposure of the wing 'J
structure to runway debris, tire/wheel fragments, hailstones, and other :

foreign ObJeCtS as well as to damage inflicted by machmery or personnel

while servicing or maintaining the aircraft.

An assessment of the durability of 2 composite Wing for a particular aircraft

with respect to impact damage entails an investigation of several phenomena:

s A determination of the impact frequencies for a range of impact energies
and forms as a function of location on the wing box. Experimental
evidence is desirable and can probably be obtained only by some type

of in~service flight evaluation.

® The degree of damage sustained by the composﬁ:e structure as a function
of the impact forces., Methodology and supp0rt1ng experimental data

should be developed to predict the amount of d_amage.
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® The residual strength of the impacted structure, This phenomenon will

be further discussed in the damage tolerance assessment,

Graphi_te/epoxy comiposite materials do not exhibit ' superior durability for
. the interlaminar shear (Reference 3) and flatwise tension failures modes.
A durable design can be created by avoiding internal loads in the structure
-which produce significant interlarbinar forces. However, wing structures
contain s"me rather complex design features, and the fl‘éxing of the Wing
under 'lqad can often induce internal loads within the structure which are
normal to the plane of the laminate and are not readily identified by the
cuirent analysis methods, If these loads are not accounted for in the
design, delamination may occur, which could cause 2 joint to fail or reduce
panel stability. Interlaminar shear forces can usually be controlled by the
ply pattern and stacking sequences which unfortunately may also increase
manufacturing costs. Data on interlaminar shear fatigue strength will be

necessary. for tradeoff studies of durability with manufacturing costs,

The long-term effects of environment on the allowable strength of composite
material can only be proven with the pas sage of time, Current NASA ACEE
and other composite technology programs should address this problem.

More on this subject is Ziscussed as a materials issue,

Seme test data have indicated the possibiiity that the stiffness of graphite/
epoxy composite structures may be noticeably reduced after the structure is

exposed to a high number of repeated load cycles,

Army helicopter rotors measured before and after cyclic loading tests have
shown a significant loss in stiffness. The stiffness of the DC-10 upper aft
compos:ite rudder was measured before test and again after exposure to 108
‘random vibrations of 350-to 1800-Hz bandwidths. A reduction in stiffness of
approximately 10 percent was attributed to a disbond of shims at the hinge
- bracket installation, but could have been partly due to reduced material
stiffness properties of the compqsite laminate. Su.h c‘hénges, in bending
and torsional stiffness after long-term exposure to a service load enyiron-
ment could result in unsafe flutter speed margins unless properly accounted

for in the design.
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Current NASA ACEE programs on medium primary structure must investi-
gate the effects of cyclic loads on structural stiffness and perforn: tests to.
determine if changes in stiffness occur in qrder. to subs-t‘anti-é.t_e flutter speed
marg{ns and provide for safe aircraft operatioen. Much of the existing tech- |
nology gap should be reébived' by the-sé programs, but they shou-_ld ‘be sup-

plemented with test specimens representative of wing structure.

Defects can also be introduced in the composite structure during the manu-

facturing process which can degrade the durability of the structure. Data

should be dgvélo_ped to establish durability as a function of the product

qualify level. Other data should be develo‘ped to establish the relationship
between quality and manufacturing cost. rToget_:her, the data will permit a
tradeoff between structural weight and manufacturing costs since for a given
durability criterion, the design strain levels are influenced by the structural
quality of the product. Add_it_iona.lly, the data will assist in the engineering

disposition of manufacturing deviations, as discussed later.

In summary, much of the durability techx'mlo_gy gap for composite wing
structures will need to be resolvéd by other composite technology programs,
particularly the question of strength degradation due to lcng-term ehvirc‘m-
mental exposure and the reduction of stiffness due to cyclic loads. Some
contribution will be made to interlaminar shear fatigue strength and the
effects of defects on composite wing durability. Plans must be made to

resolve the impact damage issue.

The composite wing technology program will require provisions for acquir-
ing durability test data, exercising the capability for designing durable

structure, and demonsirating durable qualities by means of a full-scale

fatigue test and an.in-service flight evaluation,

Damage Tolerance

The damage tolerance of a structure is a measure of its capability to sustain
loads in the presence of damage. For civil transport aircraft, the level of
damage tolerance required by the FAA is specified in Reference 4. In

Reference 2, the FAA emphasizes the importance of experience with previous

~damage tolerance designs, constructions, test, and service usage.  To
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mental exposure, and accidental damage must be considered,

"I‘he exté.nt of permissible damage must be consistent with darriage détection

INERERV GRS, < o2 A A

date, this experience has xiot been accumulated for civil transport commit_tee .

p_riimary wi:n_g structure,

For purposes of this study, the damage tolerance capabxhty of graphite/
epoxy laminates is assessed for the damage modes discussed in the durablhty
a.ssessment; delamination, matrix crazing/cracking, fiber failure, void

growth, fiber /matrix disbond, and compoéite cracking. Fafi,gu‘e, environ- . -

capability. The develo@ment of damage detection methods using rio,nd,estru"c-_
tive testing technology will be discdssed later. In areas where the damage
is not easily detectable or me'a_,Su'rabl:e, the bst‘ructurne:must be designed to
ensure an extrémely low probability of failure throughout its operational
life. The da_.m.a_ge tolerance assessment is based upon the assumption of the

initial presence of flaws or defects associated with a design quality level.

The main body of research into the damage tolerance of graphite/epoxy
struciure appears to have been conducted by investigators with a previous
ba.ckground in the field of fracture rnechanlc‘s as apphed to metal structures.
Much of their work deals w1th the residual strength of through-cracks

holes, and cutouts subjected to both tension and compressmn loads. Crack
growth does not appear to be a problem since available data {Reference 4)
showed no crack growth at the tip of an induced sharp stress concentration

after 106 cycles at 80 percent of static ultimate load for a [0, 90] pattern.

" Therefore, the presence of through-cracks in the strﬁcture should be from

a discrete damage Source rather than from the gradual crack propagation

often experienced with metal structures,

A damage tolerance study was _madé for the lower wing panel of the concep-
tual wing described in Section 6 using linear elastic fracture mechanics
methods to demonstrate the existing rbethodology. .The'study' assumed a
thfough-crack which severed both the cover skin and the integral blade
st_iffe-her'be-ing subjected to tension loads, In order to apply the linear
elastic fracture mechanics methods, the material was modeled as a
homogeneous, 1ix_1ear elastic, anisotropic continuum exhibiting a simple

enlargement of the crack without b'ra-riching or directional change. The o r
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study results shown in Figure 3-3 indicate that design features such as low-
- modulus crack arrestment strips are probably necessary for the conceptual

desig'n to satisfy FAA damage tolerance criteria.

The residual strength. of graph_ite /epoxy panels subjected to impact damage
has also been extensively inves'tigateﬁ. The investigations cover eeveral
impaet forms and various energy levels for different layup patterns and
thicknésses, The improvement in impact resistance by the addition of layers
of Kexflar 49 fabrics has also been established, Methodology has been
develoPed to pred1ct the residual tensxon strength of graph:.telepoxy lamx-‘
nates sub;ected to impact damage from a known form and energy source,
The residual compression strength cannot be similarly predicted (Ref-
-erences 5 and 6)., - ' '

There is little informaticn available on another 'majo'-r area of concern in

| dafnage tolerance. This deals with the reduction ih compressive residual
strength through instability due to panel delamination, fiber disbond, or
the loss of an integrally cured joint which connects a panel to a stabilizing
member, Applied to induced loads which produce interlaminar shear or
flatwise tension can prbmote initiation or growth of these types of failures
and progressively reduce the residual instability strength of the structure
to less than the strength required for design limit load. Much more
emphasis needs to be placed on research directed toward the determination
of the growth and compressive residual strength characteristics of structure
with delaminations which are initiated by impact damage, or interlaminar

shear, or flatwise tension forces.

Much of the methodology and experimental test date to support the design
and verification of damage -tole_rant composite structures must be developed
“in order to qualify the current NASA'A..CEE med'ium.pri'mary structural
program for FAA certification. Additionally, the AV-8 Harrier wing
(Reference 7), the F18A wing, the B-1 horizontal stabilizer, and other
military aireraft composite structure require extensive development to

~provide compliance Wlth similar mlhtary damage-tolerance requlrements.

The composite wmg structure of a civil transport aircraft will be sufﬁcxently

different from these edrher programs to requ1re further develoPment nf
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methodology correlated with experimental test data in order to devel_op an
efficient wing des,rig‘n»wi‘th adequate damage-tolerance capability. The struc-
tural integrity can only bé proven by full-scale damage-tolerance tests
during a wing technology development program to demonstrate this capa-
bility to the satisfaction of the manufacturer and the airlines before embark-

ing on a production program,

Crashworthiness’

The FAA criterion for ci-ashworthinea;s of the airframe is to ensure that
occupants have every reasonable chance of escaping serious injury under
realistic and survivable crash conditions (Reference 3). Airframe struc-
tures which utlhze advanced composite material must provide the same

" level of safety as conventional construction (Reference 2).

For wing structures, the goal is to avoid fuel spillage from the integral

wing tanks by a design that maintains fuel tank integrity for a reasonable
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set of crash conditions or off-runway incidents. The following failure

conditions must be considered:

1. The tank within the fuselage contour must be protected so that exposure

to ground scraping action is unlikely for a wheels-up landing,

2. The tank within the fuselage contour must be capable of sustaining 9-g

forward crash loads,

. 3. Airframe components supported by the main wing box integral tank

structure must be designed to break away from the wing box without

rupturing the wing tank,

This c_rashworthiness criterion is satisfied for a DC-9 aircraft with

advanced composite wing box structure in our current NASA ACEE study.

The DC-9 center wing box is located inside the fuselage and has a fuel ;
capacity of 3.528 cubic meters (932 gallons). The tanks are protected
ag'ains't scraping during a ‘wheels -up landing by the fuselage shell and the
heavy main keel member in the wheel well. The lower surface of the
wing is 58.42 centimeters (23 inches) above the lower fuselage loft l'ihe at
the front spar and 43.18 _ce_ntim‘eters (17 inches) above the rear spar.

In addition, there are two cant beams plus the keel beam directly under

the wing which shield the wing box structure (see Figuré 3-4).

In over 15 million flight-hours accumulated by the DC-9 fleet, there has
been no damage to the center wing box in survivable incidents. Thé compos-.
ite wing box is afforded the same level of protection as the conventional '

wing box and the lower ductility of composite materials is not a facfor.

Inertia fuel crash loads of 9g must be sustained by the wing box structure

- inside the fuselage, Pressure loads are derived based on a full fuel tank

with a 9-g head for this condition. The less ductile characteristics of com-
posites can be accounted for in the detail design, however, and do not

impose any special design problems.

Fusing of conventional structures allows specific components to break free
at predetermined load values to preclude 'penet'ratior} or other damage to the

fuel tank, landing gear support fittings, and some flight control fittings.,
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CANT PANEL
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KEEL STRUCTURE

B-GEN-2]032

FIGURE 3-4. PROTECTION OF CENTER WiNG
FUEL TANK STRUCTURE — BC-9 AIRCRAFT

The landing gear may be subjected to loads far in excess of design loads
after contact with ditches, runway light standards, or other obstacles when
involved in off-runway inecidents, These incidents are 1nfrequent but must
be accounted for in the design to prevent fuel tank rupture in accordance
with FAR 25.721, The DC-9 main gear is designed to fail in the gear
cylinder for high-drag loéd conditions, but other fuse points must be
utilized for high resultant vertical and drag load combinations. The con-
cept used for the D.C"-9 composite wing design allows for the main gear to
remain intact., The failure will occur aft of the tank boundary in the follow-

ing sequence:

® The lower cover skin and titanium doubler will fail aft of the rear

® The two tension bolts attachlng the supporf fitting to the lower bulkhead
c:ap will fail, ' '
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| e The shear bolts attaching the support to the rear spar web will fail in -
the thin bolt heads, T '

e The upper two bolts and upper cover skin and doubler will bend o i
. upwards as the intact gear and support fitting rotate upwards due to o

lack of a restraining moment.

.A conceptual breakaway design for a composite wing box étructur‘e is
illustrated in Figure 3-5, The primary tank is designed to ensure that the
bulkhead inside the tank is stronger than the two tension bolts attaching

the supporting fitting to the bulkhead.

The wing flaps in the landing flap position and wing-mounted engines will
contact the runway if the landing gear collapses during landing, FAR 25, 963

specifies that fuel tank integrity must be maintained for this condition.

The DC-9 'wing flap is attached to the main composite wing box at three -
support locations, Four bolts attach the hinge fittings at each location (see

Figure 3-6). The lower two’ bolts at each hinge fitting are necked down

REAR
SPAR

—— - . : .
OUTBOARD - FORWARD

WING BULKHEAD DESIGNED
70O BE STRONGER THAN
ATTACH BOLTS

FAILURE SEQUENCE

t LOWER SKIN AND DOUBLER DESIGNED
TO FAIL AFT OF REAR.SPAR IN TENSION

*  LOWER ATTACH BOLTS FAIL IN TENSION
3 THIN HEAD SHEAR BOLTS )
FAIL IN TENSION AS

SUPPORT FITTING
ROTATES CLOCKWISE

WING LOWER SURFACE

FIGURE 3-6. DC-9 MAIN LANDING GEAR SUPPORT STRUCTURE
OVERLOAD BREAKAWAY DESIGN .



wh.en. the flap Strucmre, stnkes, the runw#yo T—h.e .f;-.tt;ng w,tu -.ther; mtate_
about the two upper bolts and the wing tank will not rqpture. ‘The primary
design task ig to ensure that the flap bulkhead inside the tank is stronger
than the fuse point of the attach bolt,

Crashworthiness design of composite wmg structure appears thhm the

-r

state of the art, but should be exercised and demonstrated as part. of a com-— |

posite wing technology program.

Repair of Major Damage

To date, all composite structural component‘s built and installed en ﬂight -
aircraft have been designed so that in the evernt of major damage to'a com-
ponent, it could be readlly removed from the aircraft and replaced W1th a
new part. The damaged part could either be scrapped or repalred Auto-
clave facilities could be used if necessary. For thxs reason, repair tech-
nology has been develoPed only for lesser damage which can be economically

repaired on the aircraft,

up

FORWARD INBOARD

WING REAR = 2_/
SPAR

G

ATTACH STUD FAILS
IN TENSION OUTSIDE S
FUEL TANK BOUNDARY | anae

' FIGURE 3-6. DC-9 FLAP SUPPORT STRUCTURE
OVERLOAD BREAKAWAY DESIGN
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A survey of current programs investigating damage repair technology for

military and commercial application is presented in Table 3-2,

ORIGINAL ralir .
OF POCK. QITALT™

TABLE 3-2
REPAIR TECHNOLOGY FROGRAM SURVEY
GRAPHITE/EPOXY AIRCRAFT STRUCTURES

WRIGHT-PATTERSON
AFB, OHIO

F33615-76.C. a7

TITLE AND . .
COMPANY AGENCY CONTRACT NO, SUMMARY AND REPORT NO.
NOATHROP CORPO- AIR FORCE FLIGHT | LARGE AREA COM. | LARGE.-AREA DAMAGE IS DEFINED TO BE HOLES 4 INCHES 10 12 INCHES IN
RATION ) DYNAMICS LA POSITE STRUCTURE | SIZE. DATA PRESENTED ON PROPERTIES OF LAMINATES AN[> ADHESIVES.
HAWTHORNE, CA REPAIR TEST RESULTS OF VACUUM BAG CURED SCARF IBINTS WiTH AND WITHGUT

DOUBLERS ARE PRESENTED. EFFECT OF MOISTURE AND TEMP IN REDUC.
ING THE JOINT - TRENGTH IS COVERED.

REPORT NO, AFFDL.TR.77-5, MAY- 1977, SULY 1477

ATP JUNE 1976, R&D STILL IN PROGRESS

LOS ANGELES
AACARAFT Div.,

TIONAL CORPO.
HATIGN

ROCKWELE INTEANA.

AR FORCE MATE-
RIALS LAB

VIRIGHT. PATTEHSON
AFB, 0MI0

ADVANCED COM.
POSITES DESIGN
GUIDE VOL. IIILMFG,
JAN. 1973

F33G85-71.C+1362

A COMPREMENSIVE STUDY OF AEPAIR TO AIRCRAFT STRUCTURE 15 PRESENTED,
THIS REPORT APPLIED TO BORON/EPOXY. HOWEVER. SOME BASIC DESIGN .
COMCEPTS, INSPECTION METHODS, ETC., ARE APPLICABLE TO ALL TYPES OF
COMPODSITE. ONE REFERENCE ONLY (S GIVEN REPAIR TECHNOLGGY FOR
BORON/EPOXY COMPOSITES.

REPOAT NO. AFML-TR-71-270, CONTRACT NQ, F3361_>-69 C- 1498 GRUMMAN
AEROSPACE CORPORATION

DOUGLAS AIHCRAFT
COMPANY, DIV. OF
MCDONNELL
DOUGLAS CORPO-

) RATION

{ LONG BEACH, CA

NASA
WASHINGTON DC

BOLTED JOINT
IN G/E COM.
POSITES

NASI13172

SPEC‘IMENS WITH OPEN HOLES WERE TESTED N TENSIOR TO DETERMINE STRESS
CONCENTRATION INDUCED BY THE PRESENCE OF THE HOLE. OIFFERENT BOLTED
JOINT DESIGNS WERE TESTED. ANALYTICAL STUDIES OF TH€ RESULTS WERE
MADE AND REDUCED FOR NESIGN APPLICATION,

REPORT NO. NASA CR-144899, JAN 1977

! BOEING CGMMER. . NASA DESIGN FAD OF THE PROGRAM WAS CONDUCTED TO DELIVER SEVEN GRAPHITE/ERDXY BOLTED

' CIAL AIRPLANE WASHINGTON, DC G.E HOLTED WING JOINT SPECIMENS OF DIFFERENT CONFIGURATIONS TO NASA-LANGLEY FOR

. EE:‘.;E’T&NE\’ SKIN SPLICE TEST PUAPOSES. SOME OF THE JOINT DESIGN COULD BE UZED IN REPAIRS,
SEATTL SPECIMENS REPORT NO. NASA CRAI4516, MAY 1577

NAST-14327

S VOUGHT A1R VEHICLE 5-3A G/E SPOILER DIFFERENT CASES OF DAMAGE AND WEAR OF SANDWICH CONSTRUCTION ARE

+ CQRPORATION i TECHNOLOGY FaB OF TEN CONSIDERED, THE SPOILER STRUCTURE IS DIVIDED INTQ ZONES, ANS THE
SYSTEAIS DIV, | DEVELOPMENT SHIPSETS AND EXTENT OF DAMAGE REQUIRING AEPAIR IN EACH ZONE IS DIFFERENT. SKIN

. DALLAS DAMAGE AREPAIR 1S PATCHE} WITH PREPREG GRAPHITESEPOXY AND FG/E. VACUUM BAG AND

NADC
WARLVINSTER, Pa

STuoyY
NG2269 75-C-0428

HEATHING BLANKETS ARE USED FOR CURING THE RESIN. CORE DAMAGE IS
HEPAIRED BY A CLEANUP FOLLOWED BY POTTING. A COOKBOOK APPROACH
TO REPAIRING 1S ALSO PRESENTED.

REPORT NO. NADS-76234-30, MAY 197G, FINAL TECH REPORT, ATP 74 — FLYING

-ON §-3A AIRCRAFT

| GENERAL DYNANICS
FOR WWORTH DIV.
TEXAS

AIR FORCE FLIGHT
BYNALICS LAB
WRIGHT-2aTTERSAN
AFC,OHID

REPAIR PADCE-

DURES FOR
ADVANCED COM.
POSITE
STHUCTURES

F336i5 74-C 5133

DEVELOPMENT WORK IN PROCEDURES FOR REPAIRING STIFFENED AIRLRAFT
STRUCTUHES IS DISCUSSED. FAARICATION OF STRUCTURAL COMPONENTS
FOLLOWED BY DAMAGING AND THEN REPAIRING AND TESTING ARE REPORTED,
REPAIR-OF HYBRID LAMINATE 1S ALS0O COVERED. DAMAGE AREA IS ON THE
QRQER OF 3-INCH SIZE HOLES.

HEPORT NO. AFFDL-TR-76:57. DEC 1976, FINAL REPOHT IN TWO'VOLUMES
ATP JUNE 1974 FEB 1976.

COMPANY, DIV OF

CORPORATION
1.ONG BEACH, CA

MCDONNELL DOUGLAS

TECHNIQUES FOR
GJ/E COMPOSITES
THAD” ’

MCDONNELL AIR- COWMPOSITE REPAIHS IN THIN AND THICK LAMINATES WEHRE MADE AND TESTED. 60TH
CRAFT COMPANY DEVELOPMENT BRITTLE AND DUCTILE ADHESIVESWERE TESTED. TWO TYPES OF PATCH
Biv QF PROGRAM GIE Wi RE USED, GNE USING TITANIUM FOIL AND THE OTHER GRAPHITE/EPOXY.
MCOONNELL HEPAIH CONCEPTS, THE THICK LAMINATE WITH A 4.INCH-DIAMETER HDOLE WAS REPAIRED USING
O0UGLAS VOL. v A LAMINATION OF TITANIUM PLIES AND ADHESIVE. IN ADDITION TO THE
| CORPQRATION IRAD BONDING, EACH PLY WAS SEPARATELY BOLTED TO THE PARENT L AMINATE
| ST -LOUIS’ TO REDUCE PEELING ACTION, AS WELL AS PICK UP SOME SHEAR. STUDY OF
MATERIALS WITH EXTENDED SHELF LIFE WAS ALSC MADE,
HREPORT NO. MDC A3715-27. MARCH 1976
DOUGLAS AIRCHRAFT REPAIR THE REPORT 15 A-COMPILATION OF AVAILABLE INFORMATION WITH RESPECT

TO REPAIRING COMPOSITE STHUCTURE LAMINATES AS WELYL AS SANDWICHES.
DAMAGES ARE ON THE O DER OF 3-INCH DIAMETER AND UNDER. INSPECTION
PROCEDURES AN TEST RESULTS AHE ALSO GIVEN. . .

REPORT RO. MDC 37246, SEPT 1977

ADHESIVES FOA BONDING METAL-TO-METAL AND COMPOSITE. TO.COMPOSITE

SEATTLE

LANGLEY RESEARCH
CENTER, HAMPTON
VA

1ZER FOR BOEING
137 ACRAFY

NAST-THU25

BELL HELICGPTER AFAlL l DURARILITY OF
FORT WORTH, 1X * ADHESIVE HEWDED WERE EVALUATID AND PRDCESSES DEVELOPED. INFORMATION IS APPLICABLE
JOINTS TO REPAIR OF COMPDSITES.
AF33GLH 1 C 1168 JUNE /1 300 MARCH 74, REPORT NO AFML-TR-74-26
BOEING COMMERCIAL NASA ABVANCEL COM 1115 INTENDED TO FABRICATE STIEFENED PANELS, WHICH WILL THEN fiE
AIRPLANE COMPANY, POSHE STAHIL NAMACGED. REPAIRED. AND TESTED, TO DEMONSTRATE REPAIRABILITY OF

STHUCTURE.
JULY 1977 HRD STELL N PR")GRESS

FIRST QUABRTERLY TECHNICAL PACGR ESS REPOAT, 1BOCT 1977.
118 JULY 1977 THROUGH 18 OCT 19771
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A composz’. wmg box for a cOmmerc1al transport aircraft is built info the
fuaelage structire in a manner which makes ng replacement extremely
costly and replacement cannot therefore be considered as a viable alterna-
tive to repair, nor can a throwaway aircraft be considered. As stated
earlier, one of the clearly defmed conditions for airline acceptance is that
the composite wing box structure can be repaired and returned to service, |
Repair costs and downtime should eompa;-e favorably with those of conven-
tional wing structure. For extensive darmage, temporary field repairs can

be made for a ferry flight to a major repair degot.

For study purposcs, the assumption is made that major damage will occur
in a region where the damaged structure can be cut out of the airplane as
:egg@red and repairs effected with new structure and/or repair doublers

which are either bolted or bonded together.

Repair cri‘terie are established which exclude attachment of primary wing
members by adhesive bonding only. Primary wing structure repair joints
must have mechanical fastener strength to sustain limit loads. Adhesive |
bonding of the joint may then be utilized to develop strength to sustain
ultimate -design loads, The adhesive bonds used for this purpose must
have a' demonstrated long life, Based on current bonding technology, this
implies that the bonds must be made under heat and pressure, since
present cold-bond systems have not ‘'shown the reqmred durability in a

service envu'onrnent

Specimen tests have shown that the strength of coinposite structure decreases
as bearing stresses increase. Ultimate strain design levels for basic wing
structure will probably be established at around 4000 pm. /in, to allow for
damage from fore1gn obJects or small unloaded holes. Lower des1gn

-strain levels would prOpo:_'tmnately reduce weight savings, Bolted -on

repe.ir doublers would produce high bearing loads in the parent structure
which would reduce a.llowable strain levels below those required to sustain

ultimate des1gn 1oads.

One approach to resolve the problem is to bond doublers to the parent struc-

tural member adhesively to reduce strain levels, After the stress level
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is reduced in the parent structure, bolts can be installed to provide
strength for design limit load.

Although the solution can be simply stated, it remains to be accomplished,.
Technology development is required to sclect adhesiires, to determine heat
and pressure requirements for bonding, field cutting, and drilling tools, and
nondestructive inspection methods. Design studies must be conducted to
establish the sizes of typical repair members and accessibility requirements.
Joint load distribution must be investigated to ensure joint strength integrity
and durability. Much of this technology must be availablzs during the design

synthesis phase to establish a repairable structural arrangement..

Conflicting data have been obtained on the capability of interference fit
fasteners to increase the ultimate strength and durability of jéints. Pre-
liminary results of tests being currently conducted at NASA-Langley on
composite joints attached with 0.48-cm (3/16-inch) taper-lok fasteners
indicate the possibility that interference fit fasteners can provide better

repair strength than clearance fit bolts. Further investigations should be

- undertaken in this area as soon as possible.

Considerable testing will be required to provide repair technology data and
to prove to the airlines that proposed repair methods are viable and com-
pare favorably with methods now used to repair conventional wing structure,

Tests will be selected to supplement repair data being made available from

other programs,

Three areas for test investigation are recommended:

l. Specimen tests of joints utilizing various candidate interference fit
fasteners. Test variables will include the amount of interference fit,
specimen thickness, environmental effects, type of loading, and with

and without adhesive bonds.

2. Subcomponent panel tests of bolted and bonded joints subjected to com-
bined loadings (e.g., compression and shear) representative of typical

wing load conditions,
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Panels would be designed to represent typical composite wing box con-
struction and would be fabricated by methods to be utilized to repair
composite wing damage at major repair depots. Autoclave methods

should not be used. @‘;

3. The major subcomponent test article will be repaired after the crash-.
worthiness test failure and retested to verify static strength capabilities,
The full-srale fatigue and damage tolerance test article may also be

repaired and retested.

It is believed that this program will provide the data base required for the
design synthesis of a composite wing box design for a new production air-
craft, provide eévidence for airline acceptance, and satisfy FAA compliance

requikements for type certification of the developmert plan flight article,

Thermal Incompatibility

One of the material characteristics of graphite fibers is that they exhibit a
decredasing coefficient of thermal expansion with an increasing fiber modulus.
The high-modulus fibers actually have a negative coefficient of thermal
expansion and provide a quasi-isotropic laminate with a near-zero thermal

expansion,

A problem related to thermal cycling of a composite wing is that the large
difference in expansion coefficients between graphite/epoxy composites and
metallic alloys (aluminum, titanium, etc.) induces internal structural loads

at interfaces where the structures are bonded or mechanically attached,

After components of dissimilar materials such as metallic and graphite/
epoxy comptsites are joined by a number of rows of fasteners or by
adhesive bonding, thermal loads develop in the components (and the attach-

ment medium) with excursions from ambient temperature,

Static and fatigue analyses which account for internal thermal loads in con-
junction with external load conditions must be performed to assure struc-

tural integrity. This can be particularly significant at the end fasteners in
a hybrid joint. This location is fatigue-critic~l for externally applied loads

and is also the location where the highest bolt loads occur due to thermal
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and analytical methods must be updated to include this capability. Tests |
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loads, A computer analysis is usually required to determine the redundant
bolt load distributions, The stiffness of the structure, hole clearances, and
friction all affect the final load distribution in a bolt pattern. This type of

analysis is not normally required for commercial transport, and design

will need to be conducted to verify the analytical predictions,

The need for thermal load'analyses will decrease with the utilization of com-~
posite structure. Whereas early components may feature a composite w-i'ng
box structure in comnbination with metallic leading and trailing edge compo-
nents, later models will probably convert the secondary structure to the

same advanced composite materials.

Wing structural interfaces to be examined for the effects of thermal loads
include the followingf wing leading edge, slat, flap, main landing gear
support fitting, spoilers, ailerons, wing trailing edge, and fuselage. ‘The
design must include flexibility to avoid the buildup of thermal loads and

provide structural capability to resist the loads.

The thermal incompatibility tech-nblo‘gy issue for composite wing box struc-

tures will be largely resolved by current NASA ACEE comp.osite programs

- which feature hybrid structure., In addition, the technology will be further

exercised. by the accomplishment of the composite wing box development

plan, as described in Section 7,

Manufacturing Deviations

Deviations from engineering drawing requirements are inevitable in the
manufacturing process., These deviations must be investigated by the

design engineering department and one of the following engineering disposi-

. tions must be prescribed:

l. Parts ,may be rejected as unacceptable for strength, fit and function,

or quality,

2. Parts may be found acceptable for use even though not in agreement

with the engineering drawing.

3, Parts may he reworked to meet engineering requirements.
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Common sources of manufacturing dewatmn for camponte structures

include the followmg-

o}
4
-

Voids, detaminations, foreign material inclusions

Poor resin contént ' '

- Improper cufe cyele

L.oss of pressure during the cure cycle . ‘ :
Geomietric distdrtion due to warping and bowiﬁg | '
Cvtting, drilling, and tr1rnmmg operatmns o _ : . o .

Sutrface i1msh

Prompt action must be taker by Engineering to support manufacturing opera-
tions in order to avoid delays and to control the cost of the final product by
minimizing rejection rates, providing low-cost rework instruction, and

avoiding the high cost of unschéduled out-of-sequence assembly operations.

The problem of warping and bowing of long composite parts during fabrica-
tion must be investigated. Limits of acceptability must be determined with
respect to fit and function and strucsural integrity. Metal parts are fre-
quentli gsiraightened by hot-forming to obtain a fit with acceptable residual
stress levels, This rework method obviously cannot be applied to the
brittle composite imaterials, Experience in state-of-the-art composites is
that they must fit the assembly without undué preload or théy must be

" rejected, undue preload being an undefined quantity for individual patrts,

Another related concern is warpage of the completed wing box after it is
removed from an assembly jig or molding tool. It is important to prove
that the wing box warpage can be controlled or reworked to restore the box

to limits which are acceptable for aerodynamic qualities.

Some experierice with the disposition of manufacturing deviation will be -

obtained in ongoing NASA ACEE programs and in-house development work,

. However, many of the deviations will be unique for a composite wing box

structure, and experience with full-scale composite wing box hardware is

necessary if the issue is to be resolved.

The composite w1ng box structural development plan descrlbed in Section 7

should identify the potﬂntlal sources of deviations and provide a realistic
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denrion_stration that manufacturing deviations can be disposed of by methods

‘acceptable to Enging'ering, with a-minimum impact on cost and schedule.

. Lightning Protec_tip:n

. When the lightning attaches to the aii‘c'raft, fhe structure becomes part‘ of .
. . the lightning channel. Sinc"e,gré.phitelep_oxy structures are 1000 times less
| conductive than aluminum structures, there is concern that this. phenomenon
may produce structural damage and aircraft system disturbances in '
graphite/epoxy structures which are not encountered with conventional

aluminum structures,

‘Aircraft skin panels are subject to static charge buildup. For highly con-
ductive aluminum panels, the charge is quickly dissipated. Less conductive
graphite/epoxy paels may slow down the redistribution _process and cause

precipitation static (p-static) or in-tank arcing problems,

Lightning Strike - When struck .bflightning, an aircraft becomes involved
in various phases of lightning current transfer. Figure 3-7 shows the
critical lightning current waveforms associated with various phases of a
severe lightning strike (Reference 8). For the purpose of defining lightning
protection féquiremerxts, the aircraft surfaces can be divided into thrée

lightning strike zones (Reference 9):

Zone l: Surfaces of aircraft for ‘which there is a high probability of a

direct 1ightning strike,

Zone 2: Surfaces of aircraft for which there is a high probability of
lightning strike being swept rearward from a Zone 1 point of

direct strike,

Zone 3: The aircraft areas other than those covered by Zone 1 and._
Zone 2, ' |

Figure 3-8 shows the lightning strike zones of the DC-9 wing, These zonal

regions we.i'e defined by an analysis of the natural lightning strike phenom-

ena and laboratory lightning attach point studies using scale aircraft models.

39



y

PRESTRIKE HIGH PEAK

PHASE CURRENT PHASE " SWEPT STROKE PHASE
giGh 34 _RESTRIKES
“'G,’? | usee ... . "
VOLTAGE - ﬁgl%ooo
STEP
LEADERS

_ CURRENT:

RETURN
STRIKE

L/l,_] —— 200 AMP -

Jl,_L 1 - i /], L.

Ti T2 T3 Ta T5 T6 1 SEC.
TIME ' S

PR.OP.7233C

FIGURE 3-7. CRITICAL LIGHTNING STRIKE CURRENT WAVEFORM

18
ZONE 1 DIRECT LIGHTNING STRIKE REGION ' ‘N-l"

ZONE 2 SWEPT-STRIKE/RESTRIKE REGION . : r\'—/

. FUSELAGE
{1 ZONE 3 LIGHTNING CURRENT TRANSFER REGION LOFT LINE

BOOST PUMP
ACCESS DOOR

EXISTING ALUMINUM LEADING EDGE—\

EXISTING ALUMINUM TRAILING EDGE

EXISTING ALUMINUM WING TIP

FIGURE 3-8, DC-9 WING LIGHTNING STRIKE ZONES

40

FLSHINE
N

vt e i s



ey Sl TR S e e FEy: S -
- et e i e —— e s+ e . . . - -----——-*---—--—q-

RS K

The wing tip section is located in the Zone 1 direct lightning strike region.
The trailing edge of the wing tip section is vulnerable to all three phases of

the lightning current waveform shown in Figu're 3-7. B : . g

The current flow activity of a severe lightning strike can last for 1 second, i
and during this time, an aircraft traveling at a speed of 805 kilometers
per hour (500 miles perhbur) could move forward 104 meters (340 feet) in

relation to 'a stationary lightning channel. For a lightning channel initially

'at_ta_ching_. to the aircraft nose area, the channel would be swept over the

fuselage and wing root area, making these surface areas vulnerable to the
swept-stroke phase of lightning current waveform shown in Figure 3-7,
The wing root area within 46 centimeters (18 inches) of the fuselage loft
line is thus classified as the Zone 2 swept-stroke/restrike region

(Refe;rence 9).

When a lightning channel attaches to a wing tip, the associated lightning
current flows from the wing tip along th‘eA wing hox structure to other air-
craft extremities. Thus, the entire wing box structure is classified as the

Zone 3 lightning current transfer region. The electrical and fuel instrument

wiring inside the wing structure is also vulnerable to lightning current-

induced transient effects.

_ The existing DC-9 aluminum wing design haé-inco'rpoiré.f_:ed adequate lightning

protection designs for the direct lightning strike, swept-stroke/restrike,
lightning current transfer, and_ the lightning-induced transient effects. The
u;sé-r of an a.'ll.-graph.ite composite box structure inte'grafed With the existing
aluminum wing tip, leading edge, and trailing edge sections will introduce
new lightning hazards, and additional lightning protection design considera-
tions must be addressed to ensure the safety of the wing structure and the

associated subsystems during a lightning strike,

Graphite/epoxy composite structures are much less conductive than the con-

ventional aluminum aircraft structures, both electrmally and thermally

: Laboratory lightning test results have indicated that a lightning strike on

‘an improperly designed graphite composite structure can seriously degrade

its structural integrity (R,e_ferénc.e 16). New design approaches to lightning

protection are required for graphite compusite structures with special
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em'phasis on low-cost, lightweight, and ease of mai-ntenahce:a'.spect-s of the

protective hardware designs.

The DC-9 wing box structure is primarily in a Zone 3 lightning current
transfer region, as shown in Figure 3-8, except for the wing root area wh1ch
is also ina Zone 2 swept- stroke/restrlke region. The existing aluminum
leading edge cud trailing edge structures would conduct most of the lightning
current flow to and from the wing tip area. The aluminum trailing edge
structure would also conduct the lightning currents froem the main landing
gear when struck by lightning during a landing approach, A small amount

of lightning ;:uri'ent could flow in the skin paﬁels: of the composite Wing box
structure é_ince t:h._ey are parallel conductive paths, = For a continuous box
structure with no discohtinuities, this limited amount of lightning current

flow would be harmless to the integrity of the graphite composite panel.

The concentrated current flow along the wing leading edge and trailing edge
aluminum structures could increase the energy level of the lightning-
induced transients in the wiring circuits along the front é.nd rear spars,
The low shield of effectiveness of the graphite composite skin and spar
structure would also increase the transient coupling energy level. This
increase in the transient energy level should be determined, and unless it
is- demonstrated to be acceptable for critical electrical or fuel instrumenta-
tion wiring systems, additional eiectromagnet’ic shielding or transient sup-

pression devices will be required.

The wing root area is also vulnerable to s'we.pt-ﬁtrbke/festrike lightning
attachments. Adeguate lightning protection designs must be incorporated
in the graphite composite skin panels, doors, and structural joints.in this.
area to protect the structural integrity as well as to prevent the arc-

initiated fuel ignition hazard.

The existing aluminum wing tip and landing gear installation for the com-
posite wing concept is designed with adequate protection against the direct
lightning strike, and the graphite composite wing box structure does not

require direct protecfion from lightning strike in the design.

McDornell Douglas test data indicate that graphite cemposite panels have

electrical conductive characteristics sufficient to conduct 100-kiloampere
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restrike attachments and disperse large amounts of lightning currents with-
out causing. a fuel ignition hazard or significant degradation in strength
(Reférences 11 and 12), 'I‘herefore,‘ the proposed graphite composite skin
panels of the box structure would not require additional lightning protection.
hardware design for the SW'ept-strokefriest;--ike attachment or '1ightning. | ' ,

current transfer protection purposes,

Light-niﬁ-g test data (Reference 13) indicéte that l'ig_htnin_g' attachment to
fastener heads and lightning current flow through adhesively bonded or
bolted joints in the fuel tank area could cause an arc-initiatéd fuel ignition
hazard. The AFFDL- sponsored composite structure llghtnmg protection ‘ ,
programs (References 14 through 16) are not intended to investigate this ‘
problem. It should be noted that certain fighter aircraft incorporate fire- -
inerting systems in the wet wing box area and thus arcing inside the fuel i
tank may not be a fuel ignition hazard., Also, certain types of fighter air- :
eraft incorporate fire-retardant systems which control the fuel ignition

hazard caused by projectile penetration, However, current commercial

aircraft do not incorporate these fire-inerting or retardant systems and

lightning-initiated arcing inside fuel tank must be prevented.

Both the Government and industry have been conducting tests and analyses
to determine the electromagnetic shileding properties of graphite composite
structures (References 14 through 16). Several metallized surface protec-
tion systems such as alumiaum rneéh, Aspr.ay, or foil systems have been
developed which will provide a certain degree of electromagnetic shielding.
When evaluating these protection systems,; special consideration must be
gwen to the weight/cost penalties and associated manufacturing and rnamte-
nance problems. These considerations become very significant for large-

area applications such as wing box structure in commercial aircraft.

The electromagnetic shielding required for certain critical electrical W1r1ng
components may also be prov1ded by local shielding or by using transient
suppression or filter devices. These protection devices are usually not
reqmred in an aluminum wmg box. The requirement for using these pro-
tection devices as well as their design criteria should be deterrnmed for

each critical w1r1ng circuit through analysis or test,
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A lightning test program should be conducted to investigate the fastener
installations in the wing rodt fuel tank area vulnerable to swept stroke/
restrike lightning attachients. Critical design data are needed for pre-

area when lightning stiikes the exposed fastener heads.

‘An arialysis and test program should be condiicted to investigate a possible

tequirement for local shielding or the use of transient suppréession devices
for protection of critical wiring o components locited in the graphite com-
posite wing. A tradeoff study should also be conducted to evaluate the
current metallized surface shielding protection systems versus the ise of

local shielding and/or transient suppression devices. The study should

 consider shieldiiig effectiveriess, weight and cost penalties, and ease of

manufactire and maintenandce.

Static Electricity - Aircraft can accumulate static electric charges by
triboelectric charging when operating ih an etivironinént of precipitation
(Reference 17). This charge raises the airc#aft potertial until it reaches

a critical value at which corona discharges take place at high gradient
points of aircraft, THese corona discharges consist of a series of short
current pulses that, when coupled into aircraft communications and naviga-
tion &ystems, can cause radio interference known as p-static (Refereice 18),

Other sources of p-static include arcing between isolated skin panels and

‘streatners or St. Elmo's fire over dielectric surfaces:. The p-static

problem can seriously affect the performance of antenna systems, such as
Loran, ADF, HF, and VHF. The p-static problem is usually controllable
through the installation of a p—static discharger systern on aircraft extreimi-
ties, adequate electrical bonding practices in skin panels, and sometimes

antistatic coatings over dielectric siirfaceés (Reference 18).

Static charges can also be accumulated iriside the fuel tank through fuel
ﬂosiﬁ.ﬁg during flight or d'u‘ring refueling, Ar€ing can occur inside the fuel
tank between fuel probe and fuel surfices and the fuel tank wall due to this
static charge buildup. However, the energy level of these arcihg activities
inside the conventional aluminum fuel tank is usually well below the thresh-

old to cause a fuel ignition hazard.

.
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Aircraft skin panels are subject to static charge buildup caused by particle

impingement of snow, ice, rain, sand, and the like. For conventional

 aluminum aircraft, the static charge depos1ted on the aluminum skin panels

quickly drains through the surface coating to the metal skin and is distrib-

uted throughout the metal parts of aircraft, There has been concern that
graphite composite skin panels may slow down this charge redistribution
process due to its lower conductive propertms, thus causing p-statm prob-

lems. However, Douglas has demonstrated that graphzte composite skin

rpane'ls have adequate conductivity to dissipate static charges without causing

p-static interference (Reference 10},

Another critical consideration associated with the é.pplicatiOn of graphite

composite structures is the static charge-initiated arcing inside a composite
fuel tank, It is known that static charges accumulated inside fuel tanks during
fuel sloshing or.refueling have initiated aréing inside the tanks across fuel
surfaces to fuel probes and tank walls. However, the energy level of this
arcing activity is below the fuel vapor ignition level and this arcing has not
posed a problem in the conventional aluminum aircraft. For a graphite/
epoxy composite fuel tank cqﬁstruction, the energy level of the arcing activity
might be greatly increased due to the lower conductivity of graphite com- .

posite structures, the nonconductive adhesive bonding process frequency

used, and the special sealing coatings. Graphite composite structures,

although they possess good electrical conductive properties are neverthe-

less 1000 times less conductive than aluminum structures. This higher-

'energy Ievel of arcing activity should be 1nvest1gated as a possible fuel

ignition haz ard,

General-f)ynamics has conducted a preliminary inVEStigatibn of the fuel
electrification problem associated with a graphite composite fuel tank
(Reference 13), The study concluded that a graphite composite fuel tank
will behave in .a manner similar to an aluminum fuel tank in dis sipating
static charge buildups. The detailed description of the General Dynamics
test program is not available at this time., It is reasonable to believe that
a .composite wing fuel tank design for commercial transport is different

from the composite fuselage fuél tank design simulated by General Dynamics,
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MATERIALS AND PRODUCIBILITY ISSUES

Ten issues Have been identified in the category of Matérials and Produci-
bility Technology (see Figiire 3-2). Of these, only the nohdestructive inspec -
‘tion methods réprésent a key issue critical to the success of the program.

An assessment of the 10 issues follows:

A broad base of structural advanced composite materials now exists, - The
great majority of these materials are supplied as ''prepregs' - resin ina
partially polymerized state (B-stage) preimpregnéted in structural fibers to
4 controlled athount and 4 desired degree of advant:'ernenfa Some are avail-
able ds ''weét la;}i‘up“ where the resin is applied to the fiber as it is applied
to the part, as in filament-winding or pultrusion. Epoxy resins are the
primary matrix materials, with some polyimides and phenolics available,
(Graphite fibers predominate, although boron and Kevlar find some applica~

tions,

The current suppliers of graphite/epoxy preépregs and a brief summary of
some key properties dare shown in Table 3.3, There are multiple sources
of both resin and fiber although properties will vary somewhat between some
combinations, Table 3-4 indicates the major resin manufacturers and

Table 35 the graphite fiber manufacturers.

Efforts are being made to improve the existing fiber/resin syst’éms, Each
of the prepreg firms has in-house programs oriented toward improvement
of one or more characteristics of his current products. In addition, there
are several DOD and NASA -funded programs to directly or indirectly

" improve product performance, processing, or cost, Brief summaries of
some of these programs are given in References 19 through 29.

The final material selection will be made at the start of the wing prograrr.
However, it is intended to select the material from state-of-the-art sfstems

available at that time,

Aggressive Aircraft Environmental Resista‘nc}: - The materials selected

tmust resist the aircraft environment, both in flight and on the ground, for
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TABLE 3-3

' COMPARATIVE GRAPHITE/EPOXY PREPREG PROPERTIES

. - . TENSILE STFIEhvl‘I.i"l'ﬂ TENSILE MODULUS | COMPRESSIVE STRENGTH | COMPRESSIVE MODULLS | SHEAR STRENGTH
MATERIAL | MANUFACTURER [ MPASCAL IPS1 x 10=7} | GPASCAL (P51 2 10-8)] MPASCAL (PS).x 10=3} GPASCAL IPSI % 10-6) | MPASCAL (FS) x 10~3)
$208/T 300 NARMCO 15169 {220} 1379 l?t.l,ﬂi 15169 12201 l|31.0 119.00 i2‘2.7. (17‘.81
5208/76300 " NARMCO : IC'G?.Q 12107 1378 12004 . 1447.9 (1) 1310 (19.0) LAY S A FA ]
5208/CELIONID00 | NARMCO 16479 = (239} 151.0 {219} 1458,6 1y 1406 (20,4 1249 1.t
5208/CELION 6000 NARMCO 1654.7 (2401 L1425 (2%4) 15169 (220} 151,7 (22,00 - 124, {18.04
976/7 300 FIBERITE 1606.5 1233) 48,2 {21.51 - - R L] arnn
£78B/Y 6200 US.POLYMERIC 17995 1261 1529 (23.2) 16851 [245) 1241 {18.0) 1035 159
F263/T 300 » . HEXCEL 14134 (205) $41.3 (2051 19134 {206) 1365 (19.8) 1207 1175
CE9009/T 300 FERRO 14893 {216) 1398 (203} 15169 (2201 144 [19.5) 104,14 115,11}
EO'-G/AS HERCULES 1836.8 1230} 132.9 (20.0) - : 1282 118.6 1206 {17.5)
TABLE 3-4 S
‘MAJOR RESIN MANUFACTURERS
EPOXY POLYMIDE | PHENGLIC
DOW CHEMICAL | DuPONT REICHHOLD
| ciBA-GEIGY CIBA-GEIGY | MONSANTO
SHELL GULF OIL CIBA-GEIGY
- RHODIA :
MONSANTO
TABLE 3-5
GRAPHITE FIBER MANUFACTURERS
TYPE PRODUCT MANUFACTURER
HIGH MODULUS, THORNEL T300 UNION CARBIDE
HIGH STRENGTH
AS, HTS HERCULES
CELION CELANESE
TYPE |l MORGAN
3T, 47T GREAT LAKES CARBON
HIE-TEX HITCO '
PANEX STACKPOLE
VERY HIGH MODULUS, GY 70 CELANESE
MODERATE STRENGTH
T7% UNION CARBIDE
TYPE | ' MORGAN
HMS HERCULES ’
_BT,6T GREAT LAKES CARBON
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the planned lifetime without degradati;)n of material strength properfies.
Assurance of this capability will require testing during and after exposure

to a variety of aggressive environments, Much of this testing has already
been started. Sovme engineering judgment will have to be exercised since
real-tirne testing for n-ultiple lifetimes would not pe‘rmit the ihtroductipn of |
new materials in a timely manner. Extrapolation of ongoing tests based on
the test results and of the flight history of current cbmposi‘té hardware
would appear to be necessary for those casés where an accelerated test is
not available. Some of the.._eff.ort novﬁ.going on is discussed in References 19,
20, 22, 23, 26 and 28 through 35, | | |

it will be instructive to list and discuss some of the more .critical

envirenments,
1. TFluids

The commercial transport Wixig will come in contact with the folldwing
fluids: ‘jet fuel, salt spray, hy'drra.ulic‘ fluid, water, oil, and de-icing
fluid. The effect of jet fuel must be assessed since the wing is wet,
No problem is expected with the fuel itself. Howe.vér,'there is some
evidence of microbial attack on the structure from impurities common
to the fuel after extended {flight, This"eqn‘dition and a suggested pro-

gram are covered in another section of this report,

Industry standard tests for salt spray, hydjxa,ulic fluid, water, -and oil
do not indicate a problem with graphite -c'ompos_i‘te's (Reference 36). The
design data program for the wing shbuld ‘adequately assess these -

environments,
2. Other Environments

A. Temperature and Humidity - There is .strong evidence that the
effects of temperature and humidity cannot .be treated ind_epend'.ently..
The combined effects are synergistic in a direction unfavorable to
pefformance. When graphite epoxy laminates with high 'inoistt_l-re '
content are exposed to high temperatures or rapid temperatu're
rise, the strengths decre.gse smarkedly. . Fo_l"tunately; there _i's_no-

evidence of irreversible damage within the envelope of commercial
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aircraft operating conditions,. The reduction in strength at tempera-
tures up to 93°C (200°F) appears to be minimal (less than 10 percent)
even for laminates saturated with moisture when tested statically,
Data are sparse on low- to high-temperature cycling combined with
humidity exposure, or with superimposed 10ad profiles, It is
believed that additional investigative efforts will be necessary,

Even though a real problem probably exists only for supersonic
aircraft, the publicity already given to this exposure makes it a
sensitive issue that must be addressed. Currently funded pro-
grams will provide much greater insight into this potential problem
and into a definition of accelerated test methods (References 36

and 37). '

Microbial Attack - The 'effects of microbial attack é.re discussed

B.
in those sections of this report dealing with the evaluation of coat- T
ings and jet fuel.

Interaction

It would be highly desirable to develop tests that would provide data on

logical combinations of several of the critical environments, Super-

position of load profiles would also be helpful,

Impact Resistance - Recent studies at NASA and elsewhere have shov&n that -

impact damage, undetectable visually, can cause drastic reductions in com-

pression strength, as much as 40 percent, Consequently, corrective

measures must be taken. There are some currently funded programs

addressing this problem, but more are needed. The solution may come

throughk one or more of the following:

1,
2.
3.
4,
5.
6.
7

Use a more ductile resin.

Improve the resin-fiber interface bond,

Use combinations of different fibers (e.g., glass or Kevlar)

Alter the pattern (e.g., more transverse fibers).

Alter the design to provide crack stoppers.,

Sacrificial surface layer (rubber, fiberglass, Kevlar, screen, etc.).

Combinafions of the above.
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In addition to the above, close attention must be given to minimum-gauge
requirements for typical impacting objects such as gravel or dropped tools,
Since this is primarily a design consideration, it is covered in that section
of the report. Significant effort is now being expended on these require-
ments, as indicated in the literature. See, for example, References 21,
33, and 38 through 44, '

Smoke and Flame Resistance - There are no special requirements for smoke
or flame resistance in wing structure at present. There does not appear to
be any significant activity in this direction. Should such requirements
appear, the ongoing efforts for interior structure would provide insight into
the material modifications necessary. However, current hot-melt graphite/

epoxy composites are self-extinguishing,

Material Variability - Currently available graphite/epoxy prepregs exhibit

considerable variability. Following are some of the problem areas:

1. Variation in resin content,

2, Variation in degree of advancement,

3. Poor fiber alignment (particulrrly in unidirectionally woven fabrics).
4, Nonuniform wet-out of the resin.

5. Weaving defects, splices, etc.

6. Variation in strand count,

7. DPossible wariation in resin composition.

Variability in the testing makes evaluation of many of the above particularly

difficult, Work is in progress in some tests (References 45 through 47),

While these variations are not critical to design or fabricability, they will

affect design efficiency and manufacturing cost,

A composite wing technology design data test program that will be observed
and approved by the FAA should be sufficient to verify material conformance
in all of the foregoing areas except microbial attack and irnpact resistance.

Development prcgrams are recommended in these two areas,

Electrical Hazard Evaluation - In addition to ihe preceding requirements,

the material used in commercial aircraft may have to meet new standards
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for reducing the risk of dispersion of b_ar_e-fibers in the event of fire and
impact, This problem is currently being assessed by a risk analysis to
ascertain the expected loss and by considering what material changes would
be needed to alleviate or eliminate the problem, if there is one. There are

several contracts in progress or being bid for work in this area. It is

apparent that 2 material change would necessitate a large-scale test program

to cover not only the environmental characteristics but the structural charac-
teristics as well.. However, this potential problem relates to all graphite/

epoxy on the airc raft and is not unique to the wing.

Nondestructive Tests

Nondestructive testihg or inspection of gfa'p_hite/ep.oxy composite structure
presents many challenges when a large structure such as the composite
wing is considered. The wing structure must be inspected after fabrication
for defects such as voids, cracks, porosity, and delaminations, Experiencé
in inspecting graphite composites has shown that such defects can be detected
using x-ray radiography, ﬁltrasound, and dye-penetrant (R'eferénces 48 and

49). .

The selection of nondestructive test method is generally based on part
geometry and composition, potential minimum defect size, location, orienta-
tion, and availability of test equipment. Very often, more than one non-

destructive test method is used because different onditions or défet:ts are

"revealed by each method,

- The DC-9 composite baseline éoncept is to be made from graphite/epoxy

composite laminates., This design concept indicates that ultrasonic C-scan
is the most promising methnd for inspection of the wing skin and spar cap

laminates, This concept is described in Figure 3-9,

Special and costly automated C-scan equipment v_v'il:i' need to be pu‘r‘chas.e"d'to

inspect the 15,24-meter (50-foot) long skins and spars. Typical defects

. that can be detected by ultrasonici C-scan inspection in graphite/epoxy .

laminates are shown in FigureA 3-10. X-rays will also be used in identify-
ing foreign objects detected by ultrasonics. It is envisioned that X-ray

work will be done using portable equipment and shields, .
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Bond testers such as the Fokker and NDT <210 will be required to det'efmine'
the quality of adhesive bonds. Adhesive bonds are somewhat difficult to
inspect if the parts are cocured and bOnded, and if delamination or porosity.
is contained in the graphite composite. A defect in the compbsite. laminate
will prevent the ultrasonic energy from reaching the bond joint; hence, the
quality of the bond cannot be determined. Also, graphite-to-metal bond
joints are more difficult to inspect than graphite-to-graphite bond joints
because the acoustic impedance mismatch is greater for the graphite-~to-
metal joint, which reduces the signal amplitude ratio between a bond/unbond

condition.

In any caée, spe'éiél built-in deflect standards will he‘ed to ,.be fabricated to
calibrate the bond testers prior to inspection for the cocured skins and
titanium doublers. Nondestructive test technology for bond joints should
be developed during other ACEE programs and be available for the wing

pregram,

For process control during fabrication, the dielectrié test method shows
promise in evaluating or monitoring the curing of the resin (Reference‘ 50}.
The degree of cure is dependent on a time versus tempé.rature relationship,
B-stage condition of the resin and on thickness and heat sink from tooling
adjacent to the composite material. A critical variable of the cure cycle
is the correct time to apply pfe_ssuz"e. The optimum time.f’or applying
pressure is when the resin reaches a certain viscosity so that it will flow
under pressure, all velatiles having escaped, and consequently produce a
void-free structure. This process is presently being studied under produc-

tion conditions and should be ready for use on the wing program.

One of the most common flaws encountered in graphite/epoxy composite
laminates is interlaminar porosity. Both _theore_ticai predictions and experi-
mental evidence show that there are decreases in mechanical pr.oper'ties in
the presence of voids (Reference 51), Data show that the interlaminar shear
strength of composites decreases by about 7 percent for each 1 percent of
voids, up to at least 4 pefce-nt void content, Other resin-critical meché.n-

ical properties may be affected to a similar extent. Hence, essentially

void-free composites are necessary for primary aircraft structures.
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Al]l the methods used for quantitative measurement of void content have

limitations. It is doubtful, at ﬁhé,preaent time, whether an accuracy much

better than void content +0.5 percent can be attained with any of the available

f:echniqu_es (References 52 and 53), There is thus a need for an accurate
method of measuring void content, especially at the 0 to 1 percent level, An
| example_of: ultrasonic C-scan comparing laminate void content is shown in
Figure 3-11. The laminates can be made with variable resin-starved or
resin-rich areas.. Void content is best r_neésured by ultrasonic attenuation
whereas neutron gavuging:ap'pears as the best method for measuring resin
content (Referencev54). The developments during other current ACEE pro-v
grams with similar structural requirements and low-void-content laminate
requ.ireménts suggest that these measurement teéhniqu‘e‘s can be expected

to be available by the time of the wing program,

VOID CONTENT %

4.75 _ 3.0

1.0

1
'
I
{

e

FIGURE 3-11. ULTRASONIC C-SCAN AT 2.25 MMz OF 32 PLY CARBON FIBER REINFORCED PLASTIC
LAMINATE (VARIABLE VOID CONTENT) REFERENCE STANDARDS
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More effort needs to be directed at investigating the effects of defects.
_Production parts must be inspected to some kind of accept/reject criterion
and this criterion must be realistic, A 'r'né.jb-i" decigion must be made when
very large and expensive parts contain defects. If the Material Review Board
elects to accept the rEjecte,d part, then it can become a problem for the
personnel performing in-service inspections. During the in-gervice inspec-
tien, the production defects may be detécted and considered as flaws ‘devel -
oped during service, Therefore, picto-‘r‘iai records of useful nondestructive
tests are necessary, The'relation‘ship between flaws and their effect on
mechanical properties must be firmly established for primary structures.
Tentative acceptance criteria have been and will be set for graphite/'epoxy
composite structure (Reference 54). Specimens need t6 be fabricated with
yvarious built-in defects measured by nondestructive test methods,; The speci-

mens will then be fatigue-tested‘Ato determine flaw growth characteristics.

Some programs have been conducted, but a relationship needs to be estab-
lished for apecific materials used for the wing. All these things will lead

to realistic accept/reject criteria for production and in-service inspections.

To establish durability, in-service inspection of selected critical areas of
the wing structure will reQuiré-in-éerVicé nondestructive ins pecfions. Parts
with flaws may find their way into service and this can cause difficulty to
the personnel performing the nondestructive inspections unless the ins pection
is being conducted in an area away from the initial production flaws or dis- |
continuities. | Copies of the rejection records would be required by in-service
inspection personnel., Photographs of fabrication inspection C-scans will

provide a printed record for reference diring in-field inspection,

'Early in the detail design phase, the areas to be inspected during service and -
the inspection frequency neeG iv be defined. Also, the accept/reject criteria
must be determined. The inepection methods must be documented and must

be very specific,

Guidelines for in-service nondestructive inspections should be forthcoming.
from a NASA-Langley Research Center program entitled ''Evaluation and
Development of In-Service Inspection Methods for Grahpite/Epoxy Composite

Structures on Commercial Airéraft_'.-”
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‘There are additional problem areas connected with in-service durability of

graphite/ époxy composite structure. One is aging and environmental damagé
to composite materials, A program has been started with Boeing to deter-
mine the environmental effects on graphite/epoxy composite structure, |
However, no nondestructive test method will be evaluated in this program -
only mechanical tests are to be periodically performed. If graphite/epoxy
composites are to be used on primary structure for commercial aircraft,
nondestructive test methods may be required to determine the degradation

of the structure as related to ‘strengt-h and fatigue life.

Another anticipated problem is fire damage. Aircraft structure, especially
wing structure, is subject to fire damage in the area of the wheel well, The
significance of fire damage must be determined. Nondestructive test methods
must be evaluated to determine if they can relate the fire damage to loss in
physical propertieé or fatigﬁe life. Similar relationships have been estab-
lished between eddy current conductivity, hardness, and loss in yield or
ultimate strength in metals, This program is extensive and will reqmre_

study to define the range of parameters to be examined. There are no known

programs involving assessment of fire damage.

Quality Control

The structural integrity of the aircraft must be assured during its manufac-
ture and throughout a long period of commercial service. Assurance that

the necessary quality exists at all times is essential, Since mechanical

~ testing of the final item is not a viable approach, this quality assurance

must come from nondestructive means coupled with inspections and tests

during manufacture and in-service use,

Quality assurancé is a technological issue for the wing because of the work
needed to develop efficient methods of process verlflca.tlon and nondestructwe

test standards. In addition, the effect of defects must be known so that

“technically sound decisions can be made as to ‘their d13pos1t1on (e.g., accept

~as is, repair, or reject).
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The present state of the art of quality assurance for advanced composites is
somewhat ur@even in 'c'ove-rage_. Some activities are well defined while others

are not. The status of the various activities is given below.

1. - Well-Defined Activities
A. Raw material control and testing
B. Dimensional checks
C. Traceability
D. Tool inspection
E. Eéuipme‘nt certification
F. Procedural control,
2. Activities Needing Modest Improvement
A, Process cbntrol
B. In-process quality tests other than dimensional or nondestructive
C. Defect standards (e,g.', type, size, or location) |
D. Layup verification
E. Evaluation of repairs,
.3, Activities Needing Development
A. In-service tests
B. Nondestructive tests

C. Nondestructive test standards.

:

All of the well-defined activities will be readily incorporated into the
guality assurance plan and consequently need not be discussed in this report.
Cu.rrently, programs funded at Douglas and at other aeros pace firms will
provide the necessary improvements for the intermediate category of activi~
ties, (See References 28, 30, 32, 33, 45, 46, 47, and 55 through59). In
addition to the efforts referenced, Douglas is currently monitoring the cur-
ing process dielectrically, evaluating the efficiency and inspectabiiity of
repair techniques, and is closely foillowin’g indusfry efforts. The irn'prdve-
.r:ﬁents needed in layup \}erification, defect standards, and in-pro«:ess quality
tests are in reduc1ng the cost of present techniques (e.g., one-on-one inspec-
tion of layup versus black- on-white or computenzed scanning). The develop-
ment work on the effect of defects will help to decrease the total number of

standards necessary and to minimize their complexity.
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Machining of Composites

Ménu-fa-cturiﬁg developmént i.n composite airframe assembly applications in
the ﬁa-st several years has generated improved drilling, reaming, counter-
sinking, cutting, machining, sawing, and routing methods that can produce
high-quality cut surfaces. Significant machining data have been gathered
from NASA and military contracts at Grumman Aerospace Corporation,
Rockwell International, and Rohr Industries (References 60 through 62).

MecDonnell Douglas and others have developed acceptable and useful machin-
ing technology on independent research and development and many contracted

programs,

The most widely used mé.chining and cutting technique is with a high-speed
diamond wheel or abrasive cutoff wheel. This technique can be expected to - i

be utilized in the long, straight cuts expected in the large-wing structure,

Large machines capable of supporting the great size of the wing structure
and locating with precision the cutoff wheels, dust collectors, and coolants
must be designed and built.” Irregular cutouts are successfully made using

diameond or abrasive wheel routers or diamond blade band saws.

High-quality holes are drilled using specially shaped carbide or diamond
core drills, reamers,. ;md countersink cutters with controlled feed and
speed. Back side supéort is frequently used to minimize or eliminate
“breakout, ' This support is usually either a hard surface such as aluminum
or hard board or a ply of fiberglass that stays with the part (as part of the
electrical insulation) or may be removed as a peel ply after the holes are
drilled. These procedures seem appropriate for the large, contoured wing

where conventional drilling jigs or fixtures are supplied,

P0551b1e low-cost drilling or cutting techmques may be forthcormng from
some of the developments in progress, such as cavitation, ultrasound,

laser, water jet, or new, more conventional tool geometry concepts.

Potential Problems - There are several potentiai problem areas that may

influence the wing problem. -

59



W

-

Ied
"

-
1

The great size of the composite .structure presents pervasive processing :
problems, along with the massive tools required to scale up from known

machining methods,

Drilling and cutting methods for mixed graphite composite and metal
(titanium, aluminum, or steel for local reinforcement) have not been
optimized. Trouble could arise from overheating or mietal chips

damaging the composite areas of a hole or edge during the machining

operation. The many existing contracts and the need for integral metal

local reinforcement in these pieces of hardware can be expected to

produce adequate machining methods,

The full effect of flaws in holes and edge cuts has not yet been estab-

lished for the long-range durability of the structure. These investiga-
tions are now underway, The allowable hole tolerances, both for
dimension and for flaws, will directly affect the costs of the drilling , 1

operations,

The process of machining, cutting, and drilling is a significant portion
of the overall cost of a composite structure. Where a part is of mar-
ginal cost-effectiveness, the expected lower-cost machining techniques

may be necessary for a design to be released for production, |

Personnel health, safety, disposal of composite dust, and parts handling
have not been a problem on current programs., For large-scale produc-

tion, training will be required for personnel prior to their exposure to

~ the shop. Suitable and economical equipment for meeting possible OSHA

requirements on collection and disposal of composite dust will require

careful planning,

Microbiclogical Fuel Contamination

Microbiological contamination of turbine fuels (kerosene type) in integral

fuel tanks and fuel distribution systems has been a guality control problem

since the late 1950s, Left unchecked, microorganisms can affect fuel quality

‘and aircraft reliability, They sus peﬁd water and particulate matter in fuel

and promote the formation of sediment and gumS.- Under the right set of

conditions, microorganisms can eventually cause wing tank corrosion, fuel
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purnp and filter clogging, and capacitance gage malfunctions, and can

contribute to engine failure,

The‘ problem was most acute during the late 19508 and éarly 19608, particu-
larly in humid re-gions of the world such as the Far East (Reference 63).
Also, aircraft in the United States were found with large amounts of sludge

and fungal and bacterial growth in the wing tanks (References 64 and 65),

The microorganisms that contaminate kerosene fuels have been isolated and
identified by many investigations (References 63 and 66 through 69). The

predominate organisms are the fungus Cladosporium resinae, the bacteria

 Pseudomonas, and the yeast Car.dida, These microorganisms utilize hydro-

carbon fuels as a carbon source for energy and concentrate at the interface
between the two phases of water and hydrocarbons, Water serves as an
electrolyte in a corrosion cell and is an essential nutrient needed by micro-
organiAs'ms. It is through the medium of water that some microorganisms

can change the environment to one that is corrosive to aluminum, It is

thought that microorganisms can instigate the corrosion of aluminum in fue]

tanks by more than one mechanism. Possible mechanisms include creation

of a galvanic corrosion cell mediated by the microbial enzyme hydrogenase,‘ :
establishment of a differential oxygen cell, direct utilization of the metal,' :
and 2 change of the environment to one that is more corrosive by excretion

of organic acids as metabolic byproducts (References 70 through 74).

Since microorganisms require water to grow, good housekeeping in fuel

handling is important from the fuel distribution system to the aircraft. By
allowing sufficient storage tank settling time, mainfaining filter/separator
equipment and regular sumping of free water from storage tanks, and using

filter sumps and aircraft fuel tank drains, the fuel may be free from water |
and particulate matter. Often, this is not enough. Microbiological fuel tank
contamivﬁavition. pr.oblems vary considerably from one airline opera..tion:td
another. In September 1976, the Aircraft Fuel Tank Corrosion Group of the
Coordin‘ati-ng Research Council (Reference 75) prepared and distributed
approximately 140 questionnaires to 110 airlines, of which 86 were foreign.
Thev queStionnaire was aimed at determini_ng the economic impact resulting
from microbial .cdnt_am_ina.tibh of fuel in jet aircraft and the airlines' experi-

erice with fuel biqcidés. Of the 41 airlines responding, most have experi-
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enced microbiological fuel contamination problems and only 18 of the

responders do not use fuel biocides.

In addition to good housekeeping practices, which are sometimes beyond the
airline's control, there are many other variablés. Some of these factors
are the type of aircraft in a fleet; how well the aircraft tanks drain and if
they have a water scavenging system; the geographic routes. and flight
schedules; fuel tank inspection practices and frequency; and use of fuel

biocides,

Thus, fif. aircraft fuel tanks are to be constructed of graéhite/epoxy com-
posites, thebpossible etfects of periodic microbiological fuel tank contamina-
tion in localized areas must be considered. Microofg‘anisms usually attack |
plastic polymers with their extracellular enzymes and utilize the carbon
molecules in the plasticizer for their metabolic processes, Usually, this
type of attack results in visible pitting with subsequent loss of mechanical
strength and loss of flexibility (Reference 76). However., since a composite
such as graphite/epoxy contains a thermosetting resin system brought to a
cured state by heat activation and contains no plaaticizers, direct utilization

of the plastic is not likely,

When microorganisms grow in jet fuel, they oxidize the aliphatic fractions
in the kerosene fuel most rapidly, and form water-soluble fatty acids, higher
alcohols, aldehydes, and other intermediafes. Some of the lower fatty acids

(organic acids) such as acetic, formic, propionic, or butyric may in time

- have a d_eleterious effect on the epoxy resin since they are less resistant to

. these types of materials, A preliminary study was conducted on the resist-

ance of a graphite/epoxy composité to microbial attack ina fuel/water

‘environment (Reference 77), It was shown to be relatively unaffected by

short-term (14 days) microbial attack but, in a two-month exposure test,
there was an indication of microbial degradation. Thus,; the long-term

effects of microbiological fuel tank contamination remain uncertain,.

Two military aircraft programs, the F-18 and the AV-8B, feature integral
wing fuel tanks with graphite/epoxy structure. It is expected that much of
the microbiological fuel contamination issue will be resolved by these pro-
grams, Some. additional testing is recommended with rega:d‘to materials

and design concepts typical for commercial transport aircraft.
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Fuel Tank Sezling

The seams, joints, and mechanical attachments in an integral fuel tank box . :
structure require a precision sealing operaticn to preclude fuel leakage.
This is true for the present aluminum construction and will be true for the

proposed composite wing construction,

Standard procedures developed for sealing the seams and joints that form the
boundary of integral tanks and fastei.er sealing have been highly successful
on the DC-9 and DC-10 aluminum wing airplanes. A combination of a poly-
urcthane base internal coating for corrosion and microbic control and a poly-
sulfide base sealant has been in use for well over 10 years and no problems
have been encountered in production or in service. The polysulfide base
sealant has elongation in excess of 200 percent, which allows it to accept

the relative movement of the structure under load.

The same polyurethane interior coating and polysulfide sealant materials and
processing system are in current use with the graphite /epoxy integral wing _ '
fuel tanks on thie F-18 and Harrier aircraft at McDonnell Douglas Corpora- i
tion. Careful, proven t=chniguzs must be used to achieve reliable wing tank

sealing. In general, the following procedures are recommended:

I, Coat the parts of the structure wh:.ch form the fuel tank boundary and
the parts in the boundary with a polyurethane-based coating

(MIL-C-27725) prior to assembly or installation.

2., Prepare the polyurethane surface for bonding and assemble the joints
or seams that form the fuel tank boundary with elastomeric polysulfide-
based sealant (MIL-5-81733) on the contacting surfaces (faying surfaces).
See Figure 312,

3. Apply a fillet of elastomeric polysulfide-base sealant (MIL-5-8802).
after assembly to all joints and seams that form the tank boundary.

See Figure 312,

-4, Install all fasteners through the fuel tank boundary with polysulfide-base

sealant in the hole and in the countersink or under the head and both

surfaces of all washers. See Figure 3. 12.
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Seal all fasteners by the same techniques through graphite/epoxy com-
pi'fia te parts or assemblies regardless of whether they penetrate the
fuel tank boundary or not (corrosion protection).

Seal all faying surfaces of all metallic parts that contact the graphite/
epoxy parts or assemblies with polysulfide-base sealant,

Pressure-test the completed tank to check for 100-percent seal,
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Increased use of adhesive bonding has been seen with each new aircraft, ‘
both in amount of area adhesivs-bonded and in the size of th_é bonded assembiy..
Examples are fuselage Bondi-ng on the L-1011 and B747 wide-bodied aircraft. - |
This increased size of bondment has complicated the requirements for the ;
selection of an adhesive system. An adhesive has been selected primarily

for its mechanical properties such as tensile lap shear, peel, and creep..

In addition, the adhesive's resistance to environmental exposure such as
temperature-cycling during its service life is considered. The adhesives

must also resist immersion in fluids such as engine oil, hydraulic fluid,

jet fuel, water salt spray, and deicing fluid, and high humidity, ILarge-

area_?ﬁonding has required that adhesive formulations be modified to give

higher flow characteristics to allow volatiles and air to escape from the

bondline and provide acceptable bond joint strength, Additional types of

testing have been conducted combining cyclic or sustained loading in hostile
environments., This type of testing was done when it was determined after "
evéluating service type failures that a hot, wet environment was one of the -

most adverse conditions an aluminum-bonded structure could be subjected to.

Present adhesive resins most widely in use are modified epoxies designed
to cure at temperature ranges of 121°¢ (ZS'OOF), 149°Cc (300°F), or 177°C
(350°F). These maierials are an interrhe&iate or 'low-modulﬁ-s system
normally having high peel characteristics, One example of this type of
material is FM300, This material has been selected for use on the F-18

aircraft both on metal and co.mpbsite adhesive bonding. The material cure's.

present epoxy/graphite prepregs. FM300 can operate at a service tempera-
ture of 140°C (SOOOF), which was a requirement for the aircraft. Adhesives
can be used with precured laminates as well ar= in cocured prepreg epoxy/
graphite and titanium details (References 78 through 81), If higher operating
temperatures are necessary, there are epoxies such as FM400 which also

cures at 177°C (350°F) but can operate at higher service temperatures -
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[216°C (420°F)]. Polyimide adhesive systems such as FM34 can be used
with epoxy/graphite and polyimide/graphite prepregs for temperatures in
excess of 204°C (400°F),

Surfa.ce Preparation - This operation is one of the most critical in the bond-
ing sequence. Many efforts have been made to develop optimum surface
preparations, In recent years, it has been discovered that inadequate
surfadée preparationb have led to' premature service failures of adhesive~-
bonded aluminum ‘panels that operated in areas of high humidity. Programs
such as the Air Force Prn‘nary Adhesive-Bonded Structure (PABST)
. {References 82 throug'h 84) have shown the 1mproved surface preparations
such as the optur'med phosphoric acid anodize 1n1t1a11y developed by Boelng
and the optimizzd chromic acid anodize’ initially developed by Forest
Product Labordtory gave mcreased enwronmental resistance to an

adhe51ve—bonded aluminum panel.’

Surface preparations of cured e_poxy/graphite laminates have been studied
(Reference 83). These methods are mainly mechanical, such as grit blast-
ing or hand abrading, or the use of a peel fabric which can be removed witer

a laminate is cured to produce a clean, prepared surface or bonding.

Surface preparations for titanium have been studied by many agencies, with

many variations in the methods of preparing the surface. The most widely -

used method is the Pasa-Jell 107 process, employing a hydrofluoric,

chromic, nitric acid solution. Th1s 15 currently in use on the F-14, F- 15

and F-18 fighter aircraft for t1tan1um adhesive bonding., This system

requires that material be mechanically cleaned as well as chemically

treated, The environmental durability of this system and other processes

‘has nét been evaluated to the extent of aluminum bond. A Company-sponsored

program is | :esently underway at Douglas to evaluate the environmental .

| durablhty of this system and several others such as phos phor;.c a.c1d a.nod1ze

and a chromic anodize develoPed at Boeing, Additional programs are ' .
presently being proposed by the Air Force to evaluate the compatibility of ' F

various adhesive systems and titanium surface preparations,

66



-

Processing - Pressure and rate of heat-up and cure temperature are critical
in obtaining the optimum probertiés of the ad'heé~ive,_ A positive pressure |
can be applied by several metheds: in an envelo.pé membrane which is

placed in a heated pressure vessel (autoclave); by a press; and by mech-
anical means ‘such as clamps, springs, or rubber bladders. Vacuum
pressure is undesirable for curing inény epoxy adhesives due to the expan-
sion of the volatiles in the adhesive resulting in a porous bond joint and
reduced properties, The autoclave pressure range can be from 69 to 1034
kPa (10 to 150 psi}), Wide-area bondments require the highest pressures,

69 GPa (100 psi) or higher, to aid in forcing the air and volatiles from the
bond joint, Tne heat-up rate of the adhesive, if cocured, must be compati-
ble with the epoxy -graphite laminate cure cycle {frem 0,50 to 5_.-5'0(3 (1° to
lOoF)' per minute]. Most epoxy adhesives such as the FM300 are compatible
with this; epoxy/nylon adhesives being exceptions, Epoxy/nylon adhesives
require a high rate of heat-up to allow the adhesive to flow prope.rl'y |
[approximately 4,8 to 6. 5°¢C (7° to 12°F) per minute], Laminates having a
large mass.cannot meet this type of heat-up rate unless integral heated

- tooling 'is made available.

‘Resins in the adhesivé system musfi be compatible with the resin matrix in

thé graphite prepreg for purposes of cocured prepreg laminates to metals or
precured ’aminates. Adhesives must be able to cure in the same range.
Bordmg of d1ssun11ar materials “\J.Ch as aluminum or titanium to graphlte/
epoxy requires development of a cure cycle that can help relieve the stresses
induced by the difference in the coefficient of thermal expansion of the dis-
-gimilar materials. The selectionof a 1ow-modu1us adhesive helps to alleviate

this problem.

Curreﬁt Programs - The current ACEE programs, the vertical stabiliiers
at Douglas Aircraft and Lockheed the horizontal stabilizer at Boeing, and
the mzhtary programs at McDonnell Aircraft all are cons1der1ng major
cocured titanium to graphite/epoxy structural joints. This means that suf-
ficient information must be obtained to assume long-term durability of this
type of constru‘c‘tioﬁ in éggresaive aircraft environments., Vacant spots in

current knowledge, such as PABST type temperature/humidity load condi-

. ti_on"s“, can be expected to be filled in existing 'pro.gra:ms which will all be

completed prior to a wing program, Although' load levels may be higher
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for major W.i.n_g structure, the stregs level along the hord lines (load transfey

‘at bond lines) is expected to be similar.

A rr-i'_ajqr wing program will have its oWn. specific design, '.subcompqnéut fabri-
cation, and test program. The bageline technology should be available con-
cerning adhesive strength, environmental effects, durab111ty, therrnal

expansiop, cocuring, and secondary bonding,

Insulation and Corrosion Control

 Graphite/epoxy composites vha\i’é been found to cause a.ccelérat.ed' galvanic cor-
rosion of the major aircraft structural metals, in‘cludinjg the aluminum, steel,
and ée’rtain stainless steels. The hizg'hly corrosion-resistant m'etals'f,' such
as titanium and h1g1--n1cke1 alloys, are not sign’ifiéé.ntly attacked. The gal-
vanic attack results from the fact that when two dissimilar metals are _
electrically connected in the presence of moisture, an electrical current A N

flows from the metal with the least corrosion-resistance through the moisture

o

path to the metal with the greatest corrosion-resistance. The current flow
accelerates the rate of metal removal, or corrosion, of the least resistant
_met_al The metals havmg the greatest corrosmn-resmtance are knOWn as
noble,. or cathod_lc. The active metals are known as active, or anodic
‘metals. A cla_._ssic_: example'_of accelerated galvanic corrosion is the electrol-

ysis of steél boat hulls.

Studies have determined that graphite /epoxy compbsités react in the gahra'nic
series of metals as a nobl._,e, or cathodic, metal {the metal, not the gra_phit'e/
epoxy is attacked), When the galvanic potential is measured agéinst a
standard colomel or hydrogen electrode, the graphite/epoxy is found to be
consid.era'b_ly more noble than titanium alloys and high-nickel alloys such as
Inconel and Rene' 41, Only gold and platinum were found to be-cathodic"to
"g'raphite. o | '

In order to assess the potential damage to metals coupled to g_ra-phite-/epoxy,
tests were run in which thé actuél corrosion curren.ts were recorded, Since
the amount of current flow is a direct measure of the.amOunf of oxidized
(corroded) metal, galvanic é-ur'renf: corrosion tests are considered to be

representative of service conditions.
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Grahpite/epoxy composites have undergone extensive corrosion tests to

determine the effect of coupling to aircraft struciural parts and fasteners,

'Typica'l investigations aré reported in References 85 through 88, by Air

Force and Navy Laboratories. McDonnell Douglas has conducted static
salt-fog environméntal exposure tests of xrazgious metal-fastener combina- -
tions with graphite/epoxy which confirm the results of these investigations
(see Reference‘&‘)‘). The test results showed that aluminum, éteel‘, and
lower -alloy, corrosion-resistant steels would be severely damaged if '
coupled directly to graphite/epoxy in a corrosive environment. However,

titanium alloys and the high nickel-chrome alloys such as Inconel and

‘Rene'! 41, due to their high inherent corrosion resistance and surface pas-

givity, are not prone to galvanic corrosion.

Advanced design techniques must be used to prevent accelerated galvanic
attack of aircraft structure by graphite/epoxy. In general, the following

procedures should be implemented:

a. Eliminate all crevices and traps between graphite/epoxy and metals

by extensive faying surface sealing.

b. Install all éttachments and inserts with wet sealant.

¢. Use corrosion-resistant fasteners,

d. Apply primer and topcoat to structural parts before assembly,

- Exterior Coatings

Graphite/epoxy composites require organic coatings for the following

reasons;

1, Protection of the composite from ultraviolet degradation.
2, Retard iroisture absor_ption in the composite,

3, Customer color preferences - aesthetics.

" 4,  Protection from rain, hail, and dust erosion,

The aircraft industry has considerable experience in painting graphite/epoxy
composites, both on an experimental and pilot production scale, One of the
applications at Douglas has been the DC-10 composite ruodder. The produc-

tion rudders have been successfully coated with conventional aircraft coat-

- ings, i,e., epoxy polyamide primer and linear diisocyanate cured poly-

urethanes. No new development of coating systems is anticipated other than
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a minimal effort to determiné the optimum surface preparation to ensure

long-term paint adhesion,

The main surface preparation e.f,fo.r't will be to determine if unique pz_-ob_ler'n-s '
oceur in remov_al,'o,f mold relea.e _makterials used with the composites, -
Otherwise, surface preparation is expected te be the same as used for years
én'glasa fiber -epoxy laminates. This entails thorough cleaning with a
detergent scrub and solvent sdrub to remove mold and surface contaminants
and then abrading the surface with abrasive pads or sandpaper, filling any
- pinholes with epoxy putty materials, and surface-smoothing with epoxy

smoothing compounds.

Coatings have been diécu-ssed with other aircraft manufacturers who have
beein building graphite/epoxy composites. Two of the other manufacturers
have indicated no problems when coating their composites with epoxy primer
and polyurethane coatings, as Douglas has beén doing, One manufaclarer
indicated there were -p_roblerr_ls in obtaining adhesion. Two manufacturers.
indicated problems in obtaining sufficient moisture protection of the com-

posite in their skin honeycomb application.

Rain~erosion-resistant polyu.reth_ane coating systems will be required if
leaaing edges are constructed of graphite composite, Kevlar composite, or
glass fiber laminates. The coating systems will be elastomeric urethanes
similar to those specified by MIL.C-83231., The same rain-erosion-resistant
coating é'nd methods of application used on all fiberglass leading edge details
‘and fiberglass radomes will be pfeécribéd for applicable structural composite

details,

Stripping of organi.c coatings from the 'comp_osité wing will eventually be
required after the wing has been in a normal service environment, Surface
coating-s may also need to be remioved for repair of damaged structure while
still in the manufacturing facility or while in later service. It is expected
that strippers currently used to remove polyurethanes from aircraft struc-
tures may result in damage to the composites, Stripper development or
development of mechanical techniques or water fan jet abrasion may be
involved, but at a moderate expense, and can be expected to be resolved as

an issue on current industry pilot production programs.
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Low-Cost F‘abric ation

The manufacturing costs of graphite cbmposif:e structures must be minimized

if it'is to be competitive with conventional metal structures, A well-coordi-

. nated design, processing,r tooling, and i‘nanufécturing team, where the influence -

of each discipline is considered from initial concept o.f‘-design', can greatly
influence the cost of the end product. Most aircraft firms now follow this

team design synthesis concept,

A number of low-cost de veiopment programs have either been completed or
are proceeding in a continuing effort, A few of the most promising low-c-osf
development programs that perhaps may have direct influence on large com-

posite wing design and fabrication are reviewed.

1. Fabrication Guide

The Air Force Materials Laboratory has, Qri éontract to Rdckweil Inter=
national Corporation, the task of preparing an Advanced Composite
Design Guide (Reference 90). The AFML has also contracted with
Lockheed, GA, for the preparation of a Structural Fabrication Guide for
Advanced Composites (Re-fe‘ren'ce_ 42), These documents 'Present an
excellent summary for design, tooling, and ma_nufac.t_u;-.ing"'-c':.o'n'ce‘pts.
They will save original design time, be valuable for referén‘qe, a.nd

present many useful low-cost directed manufacturing methods,

2.A Reduce Part Count

There is general agreement in the industry that substitution of' gré.phite/
epoxy for metal components on a detail part-by-part concept cannot be
coésf-effective._ The direction for composite fabrication and design is to
m,ihirﬁiié the number of individual details. The use of honeycomb con-
struction, to reduce part count has, for example, been succeséful}.y

- applied at Ro‘ckwéll_lnte rnational, Northrup Corporation and Grumman

(References 91 through 931},

- Minimizing the number of manufacturing steps, such as autoclave temp-
-era’ture/pressure'cu;:.e'cycleAs, to produce a finished part, 'reéults in -

lower fabrication costs. WNorthrup has producéd cocured and honded .

—:honeycomb composite skin sandwich construction (Reference. 92). -Douglas ‘
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Aircraft Company has fairicated the DC-10 upper aft rudder which has
structure of skins, spars and ribs, all solid laminate, but all 1ntegra11y

cured in one curing cycle {(Reference 94),
Automat'ed Tape Layup Machine

A ﬁumbe‘r of manufacturers have exp}lor'ed" the econotics of using nurner-
ical control automatic tape layup machines for cost reduction. General
Dynamics, LTV, Boeing, Lockheed, and others are evaluatmg these
machines (References 95 through 97)

Their advantages are: (1) rapid, automated, precision layup; {(2) mini-

mal human error; and (3) automati¢ documentation,

Their disadvantages are: (1) high initial cost; (2) large production

~ order of parts required (usual practice for commercial aircraft is a

block-by-block release for production}; (3) limits on doubler buildup;
and (4) requires higher uniformity of prepreg tape {downtime to remdve

local defects in tape is costly),

The cost-effective applications for automatic tape layup machines should.
be established by these manufacturers. The machines will have their
place in industry where large numbers of repeat parts are required. |
The detail design of the wing and subcormponent elements of the

wing will determine their poss’ble use.
Pultrusion.

Subcomponent details similar in shape to many roll-form details can be

formed by a continuous aufomated pultrusion proceé s. Rolls of material
(with prepreg or wet resin impregnation) can be pulied through reducing

dies to a final cross section a.nd partially cured to a-hard B- sté.ge

This shape can then be handled and installed in a complex structure a.nd

cocured and bonded in a later process cycle, Boeing and Goldsworthy

- Engineering have performed successful development with this _pro'cevss

(Reference 21). Mechanical properties of cured graphite/ epoxy pultru- :

~sions reported to date have not been as high as the press-cured or auto-

clave-cured specimens. A hard B-stage pultrusion, later cuved in the

autoclave, does produce typical autoclave type mechanical properties.
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 The woven form of graphite offers 2 mechanical means of obtaining a
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Woven Graphite

Graphite fibers are woven in to many cloth configurations that vary from
95 percent unidirectional 0 degrees to 50/50 bidirectional fabric. It

'ma.y also be woven at 95 percent 45 degrees fiber direction with 5 percent

0 degrees Dacron tie yarn. It can be woven in a variety of weaving

styles and thicknesses. The weaving process is automatic and this tends

to prepare an econorical and uniform building block material. All

fabricators have reported reduced layup time using woven cloth, by as
much as 75 percent compared to hand layup (References 41, 92 and 98).

The wide, thick woven cloth layup time may be competitive with auto-

‘matic tape machine layup. The material can be pulled over the same

contour and does not split, unlike unidirectional tape, particulariy

when the material ages or starts to dry.

uniform hybrid, mixed fiber content in a paﬁel that may act as a crack o
stopper, to improve impact, or simply lower cost by dilution with a

lower -cost fiber in a noncritical direction (Referehces 98 and 99).

Low Resin Content Prepreg

Investigations by Northrup (Reference 92) and others have been success-

ful in reducing manufacturing costs 'by_purchasing prepreg materials with

close to the desired product resin content. The excess resin bleed is
not thrown away — this was previously thought necessary to facilitate

removal of trapped air during layup and, further, the procedure

" eliminates the need for most of the bleeder cloth. This represepts

real savings in labor and materials. The low resin content is particu-
larly attractive with the woven materials where splitting is not a

problem.
Hybrid Materials

Dupont (Reference 100) and Boeing (Reference 101), among others, have .
evaluated the benefits to be gained by hybrid or mixed fibers in a

. ]Jaminate. The hybrid fiker may be included for specific property

improvements, Low-cost glass fibers can be intermixed, in prescribed
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locations and amounts, pessibly in .xioniﬁaﬁmmn load direction, and may

be used to reduce costs,
Design for Ease of Fabrication

McDonnell Aircraft has designed the Harrier wing with full consideration
given to manufacturing (Reference 1.02_'). ' The concept was to make the
design as _s_im_ple and low risk as possibie as a tradeoff with weight
optimization. ""he aim was to fninimize layup tiine and risk of loss of

the part during fabrication.
Material Control

The contribution of material control in reducing manufacturing costs

maust not be overlooked. Material control includes storage conditions,

"packaging, and specia1 handling procedures. Useful, efficient handling

of material is essential to minimize waste. Lockheed Missiles presents
insights and suggestions on the proper control of composite materials

{Reference 34).

Out of Autoclave

An autoclave (or press}) of sufficient size to pxoduce a full-size DC-9 |
wing represents a major investment in equipment, Many development .

activities are underway to eliminate the need for the autoclave.

A. The pultrusion and roll-forming processeé do not yet produce
final cured parts of acceptable quality. Final cure under heat

and pressure is required.
B. Vacuum Curing Resin

Resin systems are under de-;v‘elopment that 'can be us.ed‘ wifh
graphite and processed with heat and vacuum bag pressure alone,
‘The usual epoxy systems that perform well with autoclave pressure
will cure with air or gas bubbles and high void content when cured
under a vacuum bag. TRW and several prepreg and resin suppliers
are working on a solution. Northrup (Referencé 92) reports major
cost savings gn& only marginal lowering of strength properties with

a vacuum bag cure.
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Trapped Rubber Molding

" The .frapped rubber molding process has been partially developed

at Lockheed and at Douglas. Douglas has manufactured a series
bC-IO upper rudder by this process (Reference 94). The concept
uses the high-coefficient of expa.nsiohoféili(:on.e rubber, enciosed

in a rigid metal box so that with heat, the box containe the silicone -
and develops pressures suitable for compa.ctmg a composite part |
during cure, Heat is supplied by an oven or by electrical heaters '
imbedded in the tool.. This process is presented w1th further deta11

in Section 7.

Inflatable Fire Hose Pressure

The fire hose pressure molding concept supi;:lies pressure to the back:

side of a mold.surface much like a large hydraulic press. A

typical installation would have a rigid lower surface toolina

fixed location (1) . An upper surface tool would ina'tch—fndld the
upper surface of the part (2) . The back side of the tool would be
virtually flat. A series of inflatable fire hoses would then

be located between the upper tool and a rigid upper su__rfa,ce (perhaps

a rigid frame truss construction) (5)

, ,The hoses are inflated to pi-oducg the desired effective pressure on.

the part. Movement is fairly restricted and requireé proper-design
to allow placement of the part to be cured in the tool. Only small .
potential energy is stored in the volume of the hoses, there is

no pressure bag to break, and the support tool is not expensiire to
build compared to an autoclave. This concept has been used occa-
szonally throughout the 1ndustry with the most notable known success

at Bell Hehcopter. -
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Real energy savmgs potent1a1 exxsts for a tool @ and @ that
contains an electrically heated surfa;:e plate backed by a ngzd
ingulation structure. .In this case, oply the tool su-rface and the
part itself would be heated to the high curing temperatures, If the

tool surface were made of graphlte/epoxy, of the same {iber pattern
as the part to he cured, and if the backmg insulation had 1ow

thermal coefﬂcmnt of expansion and low thermal conductnnty, the

resulting tool sheuld be very stable to thermal distortion due to

~curing tempe.ratures; ~ Close dimensional control should then be

possible for the fabricated parts.

Low-C,ost Toqlihg

Toolmg for compos:.te manufa.cture for long wing-type structures is pre-

sented in Section 7. The followmg text presents a discussion of two

unique low-cost toolmg concepts used to produce large composite pa.rts

that may prove useful for the wing program,.

A.

Graph-,ite/ Epoxy Sa.ridwich Tool

A large tool was fabricated by General Dynamibs and used to rhanu-

facture the F-5 fuselage midsection (Reference 105), A plaster

~ master mold was built using standard -plasfer technology. A

g_ra.phit_e/gapoxy s.kin:Was_ cured under vacuum bag pressure and low

[ 60°C (149'0}?)] heat on the plaster mold. " The outef skin was then
cocured a.nd bonded to the honeycomb with the same temperature and
pressure, After cure, the part was removed from the unharmed
plaster, _pla.ced in a holding fixture, and postcured to 177 C (350 ).

A wet epoxy resin system was cata_lyzed‘to partially cure at 60°C

'(140°F and to completely cure at 177°C (350°F) to obtain 177°C

(3'500’]?) elevated stréhgth properties after postcure — without resin

~-softening and without dlstoruon General Dynamics claim for the

concept was:

(1) Low cost for a 1_a,rge, complex Sha.pe compared to conventional

metal tools,
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(2) Excellent thermal stability, The graphite skin was the same
' fiber pattern as the part to be made later, and no thermal

distortion occurred,
(3) The tdol was lightweight and did not 'pla.cé severe lir;ni-‘ts‘dn‘-
heat-up capa.bxllty for a fmal part autoclave cure cycle. ‘

B. Quartz F:.be:/ Epoxy Tool

1

A large tool was fa.bricated by Boeing fo‘rAa. s‘trﬁctural coihponenf B
that was designed similar to the General Dyramics approach except
that quartz fiber cloth was used in place of gvaphﬂ:e cloth or tape.
A general-purpose high-temperature epoxy resin system wa.s used
and autoclé.ve curing pre ssures‘ The use of quartz was a- cost-‘ '
saving material substitution, and good dunensmnal sta.b111ty was

also reported (Reference 104)

MANUF ACTURING TE CHNOLOGY ISS UE_S

The successes achleved by Douglas A1rcra£t Compa.ny in cunng monohthlc
graphlte/epoxy structures such as the DC 10 upper aft rudder have relnforced
the manufacturing phlloso phy that mtegrally cured structural assembhes w:ll
ultimately become the most efficient and cost- effective aircr aft constructlon

method. This belief is predicated on the far_t that mtegrally cured -

assemblies eliminate most mechamcal Jomts, ensure proper f1t—up of deta1ls,

- minimize structural wezght and can resuit in lower manufacturmg costs by

reducing the tl:m.e requ1red for asse*nbly We realize that the technology

available today is not su£f1c:1en1: to permit immediate comxnxtrnents to manu- '

facturing an integrally cured wing. Considefablé‘feséalrch effort must be _

devoted to developing manufacturing techniques to permit large-scale curing

of wings. I composite wing structures are to replace aluminum wings on -

commercial aircraft, then advances in the manufacturing technology must be ‘
oriented to take full é.dvar_ifage of the net molding possibilities afforded By
composites, Straight replacement of aluminum by graphite/epoxy on a part-
for-pai't approach is not yet cost-effecti\}e because of thé high cost of-the :
graphite material, - Additionally, lower de51gn stram level allowables must
be used when graph1te parts are joined with merhamca.l fa.ste.nerq Adheswe ‘

bondmg for prunary structural joints is not yet perfected with auf£1c1ent
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- reliability for long-ote‘rm'j(ZO-year) ééntinubus service. From teday's view- -
point, the maximum cost/weight benefit from composites will coincide with

maximum integral curing of assemblies.

Under present manufacturing capabilities, a composite wing ¢an be produced
using a ‘more conventional approach. él‘ms approach is to fabrlcate detalls
such as stiffened wing skins and individual spars and separate ribs or bulk-
heads, and join the parts w1th mechamcal fasteners. Advantages' over
aluminum structﬁre-may be gained if. wihg skins are mé.de in one piece,” with
the stiffening elements 1ncorporated as 1ntegra1 components of the skin,

Ribs can be fabrmated with lightening holes and stifferers, and bu11dups
molded in one plec,e Metal attachment f1tt1ngs can be incorporated in the o
lay-up and cured in p051t10n This c:oncept of wmg productlon is possfble
today, with a minimum of development effort however, the total potent1al
beneflts, in terms of reduced manufactunng costs, are not as lucrative as

those for more mtegrally cured as semblxes

The manufacturing technology issues discussed in the following paragréphé
support the concept of monolithi(::.structufe.f' Descriptions of _specialized-
molding methods, such as inflatable mandrels and trapped rubber, are more
applicable to integral curing than to conventional piecem'eal construction. .
The goal presently invisioned for compos1te ‘wing production is to cure the
lower stiffened wing skm with both. front and rear spars and to include the

22 ribs in one structure. The upper stﬁfened skin, molded with the lower

structure, is se’éarable' a.fté_r curing by using a Teflon bafrié_r. The removable

cover skin provides access to the wing for tool removal and subsequent assermn-

bly installations, and still provides perfect matchup 6f the skin because all
parts are cured together. The cover skin, rarchanically fastened to the

substructure, completes fhé wing assembly,

Admittedly, this is a rather 1mag1nat1ve approach to wing fabrication, but
it is one that we believe should be pur sued for more favorable 1ong term

results.

Molding Methods

r

' Aﬁtoclave — The autoclave was 1n1tlally used in fhe rurmg process to aad

pressure to the laminate, allowing better resin infiltration around f1bers
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-and developi-ng a more uniform finished product. The current autoclaves

have been boosted t» meet higher temperature and pressure requirements.
Thic forced heating systems to be converted from the tool to the autoclave
atmosphere. As autoclave size incr.ea.ses, the cost of operation ri-seé in
proportion to the diameter squared. Also, the cost of the facility rises

exponent1a11y with the increase in size.

With this economics-limited situation, mani:.faciuring requires that wing or
fuselage structures which are too large to be fabricated in one piece have

splices designed for irodular construction.

With these larges structures, the risk of loss during cure becomes greater,
The large stationary autoclave also dictates the location of the aésembly lines
and limits the flexibility of the plant layout due to its size. The basic

module size -developed at Douglas in 1970 for structural component handling
was 3.05 meters (10 feet) in diameter and 9.1 meters (30 feet) long. Because
of the need for fewer parts and integrated design, along with the weight saving
of fewer splices, this size may need modification. The autoclave tooling is

operated wit balanced pressures in all sides, allowing the use of lightweight

-mold surfaces just heavy enough to prevent distortion.

Adriition of splices to the wing design takes a large penalty in weight,
fabrication complexity, and cosi{, The current design conceépt involves tom-

ponent sizes for an autoclave with the equipment now available in industry,

Press Molding — Press molding has been the industry standard from the early
days of plastics. It is the production approach for most components, but
due to its mechanical configuration, the size and shape of the parts limit

the use of presses.

The typical press has tie rods at each of the corners, and thes< limit the

size of the tool or part that may be produced. A typical component of
graphite/epoxy requires the mclding/cure pressure of 0.69 MPa (100 psi) and
177°C {350°F) to properly process the resin. A large aircraft wing panel
éomponent measuring 20 by 3 meters (65 by 10 feet) requires a press of

nearly 4540 metric tons (5000 tons) and, combined with the platen rigidity

.necessary, this would cost more than $3 million to acquire., This press would

still have problems due to the tooling complexity.
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To achieve the goals of this program, the use of presses _re'q_uires develop-
ment. The ability to process epoiy resin systems using a hot platen press
hinges on the development of tlie hot strength of the cured résin, to allow

the rapid cycling possible on a press. Tooling setups for short runs ona

 press are efficient only for large-volume parts. Clips are ideal .co:ifi-igur_a- , o -

tions as they are used in many areas.

Press tooling costs 100 to 150 pefcent more than similar tools used in an -
autorlave. The dimensional control is better in the press because of the

'matched tool concept’ where both siirfaces are hard-tooled.

An epoxj’r resin, chopped graphite form, compression molding ‘compound that
could achieve 80 percent of the strength of the continuous fiber cured laminate
woilld be press-molded to produce clips and other small components. The
labor costs of using bulk molding compounds and the compression molding

process are low compared to hand layup and the autoclave cure process.

Comipression-molded details are usually molded net to shape, including holes,

countersinks, cutouts, and othar opehnings.

Inflatable Elastomeric Mandrels — A new development at Douglas has been the

use of silicone rubber inflatable mandrels inside a composite structural cavity

to provide pneumatically controlled levels of molding pressure. An inflatable
mandr’ei has distinct advantages over other types of molding tools in that it
has low thermal mass, is reusable, and can be collapsed and withdrawn

through small openings such as access holes in the cured structure,

The inflatables are formed from uncured silicone rubber sheet stock calendered
to uniform thickness, Sheet silicone rubber is available with a Dacron woven
insert within thé sheet which provides a greater tensile strength., This rein-
forced rubber is generally used arourd radii where stresses can be high
enough to tear the plain rubber sheet. It also acts as an effective doubler

over joints and seams,

"The uncured rubber is layed up into a female mold, built up to wall thicknesses

of 3 mm (0,125 inch} or _aore, and then vacuum bagged and cured at 177°C

(3509F'). A pneumé.i:ic fitting is embedded and cured in the mandrel wzll to

introduce pneumatic pressure later during part cure,
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When using inflatables to mold straight parts such as blade stiffeners on a

skin, the 'mandre-l must be. stiffened along its length to ensure straightness of -

the cured part. ‘Metal inserts and hingeable inserts have both been very effec-
t1ve in mamtammg allgnment of the mandrel They also provide a rigid mold .

surface which can be use& for layup.

The présent state of inflaté.ble mandrel technology is somewhat unreliable’
because of leakage through the rubber mandrels, This is the basic problem

in extended use of the inflatable molding system, If the mandrel leaks 'during ‘
the cure cycle, the differential pressure between the inside an;d,outside of the -
tool is'lc_;st and a poorly molded part results, One concept for avoidirig some
of the pitfalls mentioned above is ‘to. use a very high elongation (1000 percent),

thin-wall bladder that is not preshaped. It may be possible to buy mandrels

in only a few standard sh-apes, inflate them to pressurize the part, then peel
them out of the part cavity and discard them, Development work is requii-ed Ay
to find a2 high-temperature rubber with high elongation properties, like a

simple balioon,

The inflatable mandrel molding process is a prime candidate for producing -

- integrally cured composite wing structure. Figure 3-13 illustrates a poten-

tial method of employing inflatables to fit between rib bays in the wing. Kach
mandrel is formed to mold the wing skin stiffeners and the ribs simultaneously,
The mandrels are pressurized via a common pneumatic line to provide equal
pressure. As shown, the cover skin is cured with the spars and ribs, but
separated from them by a barrier filtn, The cover skin is reattached to the

wing structure later after toolingis removed and piping installations are completed.

Trapped Rubber Processing — Trapped rubber processing, using the thermal
expansion method, has proven to be a viable means for producing one-piece
cocured composite box structures such as the DC-10 upper aft rudder, Tool-
ing is currently being initiated to produce a DC-10 nose landing gear door by
this method. The process is still in its infancy and there are many unknowns
and variables, As these problems surface and are resolved, the process, will

become a valuable manufacturing technigue and could prove oeneﬁcml in the

fabrication of a compos1te wing box
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Trapped rubber‘pfocessi'ng is pfedicafed on the the rmal expahsion properties

.of elastomeric-type -ma&ria«-ls, primarily room temperaturé vulcanizing (RTV)

silicone rubbers. The term applies to a molding process for i:ompos-ite ‘
materials in which precast silicone rubber is placed w:.thm a closed (but not
a1rt1ght) cavity and allowed to thermally expand agamst the composzte 8 sur-’
face 'supported by the walls. of the vessel. This generates pressure internally
rather than externally as by standard means (vacuum bag, atitjbcla#e, or ’
platen press), The 'process can be modified and used in conjunétion with
vacuum bag and autoclave methods where h1gh pressures [m excess of 0.69

MPa (100 psi}] are not required.
Among the advautages over convenfional methods, tzjapped rubber processing:
e FEliminates the use of an autoclave and its costly ope ration

. Eliminates standard 'vaci:uum”bag techniques and the problems associated

with leakage and bag failures during the cure cycle

o Eliminates costlylba;gging materials which can be uéed only once

e Requires only a standard air-circulating oven (or the tool can be self-

contained with internal and/or external heaters)

e Eliminates the risk of losing a part during a cure cycle due to faulty

bagging or pressure loss

® Permits reuse of mandrels without danger of pressure loss.

The disadvantages of the process are:

‘e Extremely heavy and bulky tooling (dé_pendent upon part éonfiguration')

. Slower heating rates due to tooling mass

e Part configuration must be adaptable to this process,

The composite wing box. could be a choice candidate for production by trapped A

rubber proc_eésing as it lends itself to an open box configuration; i.e., the
integra) curing of ribs, bulkheads, and spars to a lower skin with a remov-

able upper skin, or a cured egg-crate construction with separately.attached

83

A



upper and lower skins, Teoling could be lii'n-ii:ed to: "(1) 2 closed system'with
an a1r-c1rcu1at1ng oven and internal heaters as requ1red to enhance the heatmg
rate, or (2) an open system ut111z1ng & vacuam bag and autoclave. Within the =
time span allotted for design and develoPment, problems associated with the

process should be resolved; nainely, gap control, pressure control, and

rubber stabilization, Currently, the process is dependent apon RTV. type

silicone rubbe rs. because ‘of the1r h1gh thermal expa.nsmn rates; but evaluation

of other mate r1als such as Teflon or Nomex, ‘should they exh1b1t more eff1c1ent a

pressure and temperature control and better tool 1ndex1ng, could make them o

desirable candidates as pressure media,

The DC-10 upper aft rudder 1nvest1gat1on w111 address pres sure-sensitive
parame.te,rs of trapped rubber, Sufficient techmcal 1nformat10n will be avail-

able to permit an accurate definition of the rubber configuration in order to - -

_control pressure le vels as a function of fublser and cavity volumes. Additional

development work should be initiated to eliminate the precision gap require-

ment by incorporating controlled voids within the cast rubber that will collapse

‘and autoematically limit pressure ‘at a chosen value. This 'ca.p'abﬂity would

permit the casting of rubber net into the tool.volume without careful adjustment

of gap through accurate fabrication.of a dumrny-*part.

Combma..mn Molding Process - Inflatable and Trapped Rubber Process — The
trapped rubber process has been used advantageously in sections less than
30 em (12 1nches) deep, w1th access holes to permit remdéval of rubber toolmg

after cure. Cont-cl of moldmg pressure is accomphshed by correct s1z1ng of

rubber and cavity volume ratios durlng tooling constructmn For deep sections
that would require large volumes of rubber, the pressure control is more dif.
.fieult and the rubber -provides: a considerable thermal n‘}as.siwhic'h increases.
the curing cycle time. Additionally, silicone rubber is'expensive and adds
considerably to the tooling costs. Minimizing the volume of trapped rubBer_
within tl‘ie'tool can reduce rubber costs, énergy utilizaticm; and cycle times

to make a more efficient process, Thus, efficiency can be enhanced by com-
b1n1ng the trapped rubber with an 1nflatab1e mandrel to occupy a high perzent.

age of the tool volume and provide moldmg pressure,

A Company-sponsored program is underway to incorporate trapped rubber

molding in co"njunct'ion with an inflatable mandrel to fabricate a wing box
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_sécti-On. The test box will determine the e'ffec_tivene.ss of curing éomponents

- of a wing, including blade-stiffened skins, with the cover skin separable from
the box after cure, A remo-vaﬁle cover is necessary for extracting todling,

~ for access to install subsystems such as fuel piping, and for inspection of the .
cured comiposite, The cover is mechanically attached to the front and rear

spars and to separately cured chordwise ribs which are installed after the

box is cured,

!
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Figire 3-14 is a schematic view of the box end showing the'tr-apped rubber
strips used to generate horizontal molding pressures on the sides of the

blade stiffeners. Metal mandrels between the blades provide straight molding
surfaces and also act as layup and densifying forms for the graphite/epoxy
tape used on the box. Each mandrel was densified to compact the layup close

- f : to final thickness, enabling fitup into the tool.

100 PSI AUTOCLAVE PRESSURE

TEFLON BARRIER

S, ICONE RUBBER STRIP
FOR HORIZONTAL PRESSURE

ALUM. TOOL
GRAPHITE

METAL

INFLATABLE MANDREL
VENTED TO AUTOCLAVE
PRESSURE 100 PS{

\VARVARY

METAL / /T \ ‘
| GRAPHITE / HoH D
ALUM. TOOL VACUUM BAG - B.GEN-21934

FIGURE 3-14. COCURED WING BOX MOLDING METHOD
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Pressure to cure the skin areas was provided by an inflatable silicone rubber
bag formed within the tool on dummy parts prior to layup. By venting the bag
to autoclave pressure, control of molding pressure normal to the bag surface
can be achieved by the normal autoclave pressurizing system. The net dif-

fe rential pressure level across the tool wall is zero.

The femaie box tool was pﬂrposely.designed_ as a low-cost, low-mass tool
which would be vacuum-bagged and would not be required to withstand high
differential pressures between the interior and exterior surfaces. Aluminum
was selected as the tooling material because of its availability, high the rmal

conductivity, and machinability.

The first part has been successfully cured using the inflatable mandrel formed

from uncured silicone rubber with a seam along the upper edge where the bag

cbntacts the sidewall,

This concept of the combination process has a high potential for curing wing

sections with ribs, and is considered as a viable method for future assemblies.’

More development work must be conducted to find a reliable inflatable man-

drel and to simplify layup of composite into the tool.

In order to integrally cure a wing structure and avoid the fastener installation
costs, weight penalties, and part fitup problems associated with joining sepa-
rately molded composite parts, the combination process requires a develop-

ment program to address the following areas:
® Construction of reliable inflatable mandrels
e Verification of the combination process on a subscale part

® Manufacturing cost data to determine effectiveness of cocure molding

concept,
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Tool Development -

Low-cost Tooling Concepts — Tooling required for molding large structural

‘parts can be massive, causing high thermal lag, and is expensive to construct.

' Simplified tooling approaches are desirable in conjunction with combination

molding processes to avoid large pressure differentials across molding tool 5

walls .

- Conventional composite tooling generally consists of steel molding surfaces

machined to contour on multiaxis N/C milling machines, then supported by
complex truss work, The costs associated with producing such tools are

high, and they can be justified only where many parts will be produced. As

' the composife wing tec-hn‘dlogy program will construct only three wing box

sections, the use of low-cost tooling would be very advantageous.

Low-cost tools can be fabricated with plane surfaces and containment of
molding elements in picture frames, Figure 3-15. A flat or curved sheet of : »

aluminum or titanium defines the contour of a stiffened skin. Integral blade

stiffeners are cured l:;y trapped rubber pressure and the autoclave genera‘fes
curing pressure in orthogonal directions. Such simple tooling has been used

to construct test panels for the NASA .Composite Specimen Program (NASI-
12675). ' '

Another approach to low-cost tooling is the use of castable rﬁateﬂals which - | ,
are readily swept into final form by the use of templates. Castable ceramics |
have been demonstrated to be effective in curing graphite and Kevlar epoxy
parté.- By sweeping the mold to shape, little or no machining is necessary to
generate compound curved surfaces., The ceramic tool can be integrally
heated for curing the composites and the mold surface can be permanently
coated with a release material to ensure that parts will not bind to the mold.
The thermal coefficient of expansion of ceramics is on the order of 0.56 x

10"6 em/em/%C (1 x 10'6 in. /in. /°F), which closely matches that of graphite/

epoxy.

Tooling has been fabricated using graphite/epoxy layups wit: flex-core stif-
fening. This approach provides excellent thermal match between the mold
and part, but is costly to construct because of the manual layup of the

graphite.
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SILICONE RUBBER-FACED
ALUMINUM BLOCKS -

SKIN MOLZING TOOL

ANGLE
PICTURE FRAME

FIGURE 3-15. LOW-COST TOOLING

Block graphite has been used as a tooling material where thermal expansion
must be very low. Howeve r, the nature of graphite block is such that the
material must be machined in a special facilify to minimize dust and contami-
nation of equipment. Douglas has jobbed out all block tooling because of tlie |
machining problems, A special sealing coat must be applied to the contact
surfaces to p.revent'adheren_ce of the part to the mold, We have used graphite

block tooling te only a limited degree.
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The applicaudn of simple tooling is predicated upon the configuration.of the
final part. A very simple'alumir.x‘um mandrel formed from bar stock can be
used back-to-back to produce H-beams. By designing the web surface to

remain flat, the relative motion between the part and tool during. cooldown

does not load the part. In fact, the aluminum tool will shrink away from the

graphite part, enhancing release.

Very'écéuréte aluminum tooling has been used to mold integral hat-stiffened
panels of high quality representing wing skin thicknesses and compression
loads. Aluminum is readily machinable with good surface finish, Cast |
aluminum plate has been tested as tooling material but lacks the smooth
finish possible with 6061-Té alloy,

The greatest potential for low-cost tooling is in the castable tool where
machining can be avoided. Splashes taken from plaster master parts can be
used to build tools either by baék-casting or by making female molds from
materials such as fiberglass. Tooling can be developed for the contoured
wing skins by using several castable materials to dete rmine tool costs,
dimensional control of the final part, and longevity of the tool after repeated

curing cycles.

Stationary Tooling — Three approaches for the in-line stationary tocl that
could be incorporated into the production line for a single-use dedicated
facility are: (1) autoclave, (2) hot-oil bladder, and (3) thermal expansion

rubber.

~ Autoclave Curing — This is the conventional approach but involves using

multiple- and single-pﬁrpose tools in an autoclave-type pressure vessel.
The small-volume autoclaves would be adjacent to the assemb'ly.lin'e. "The
autoclave design would conform to the shape of the part w'th self-contained

heating and cooling capabilities.

The d-isadvanta-géf of this type of curing is the bagging and potential for
leakage. Better systems need to be developed for assembly of the prepreg on
the tool, ipplying the bl'.eeder materials, sealing the vacuum bag film to the _
tool, and testing and loading prior to cure, as well as the need for develop-

ment of the curing mechanism itself.
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For high-cycle curing, a better heat transfer is offered by the use of a
built-in rubber blanket tool that circulates heated oil instead of static gas
for pressurization, This puts the heat source in direct contact with the
composite material for maximum efficiency. After satisfying the cooling
requirements, the oil temperature is easily reduced by circulating it through
e¢xchangers, and then circulating to cool the tool and part. The feasible

pump pressure available for circulating hot oil ig about 0.35 MPa (50 psi).

This technique has limitations, especially with the silicone wrubber bags
because of their low strength at elevated temperature, With circulating hot
oil, further hazards may arise from leaks, Aside from damage to the curing

parts, personnel safety must also be addressed.

The borderline pressure of 0,35 MPa (50 psi) on the system can also create
cure problems, Normal process specifications require 0.69 MPa (100 psi)
for curing structural epoxies. Pressure below the amount specified may

result in a deficiency in sharp corners or in deep draw areas.

Thermal expansion molding has rapidly developed in the last five years. The
unique characté’ristics of certain silicone rubber compounds permitted the
development of a tooling material called RTV. RTV rubber expands under
heating, a characteristic which can be converted into pressure for curing
composites; it contracts on cooling, causing a fooling mandrel to shrink and

ease its removal from inside a cured part.

The major program using this approach is the DC- 10 composite upper aft

rudder. This is a structural part over 3.5 meters (12 feet) high, molded in

one piece using a steel tocl to the outer mold line. The prepreg graphite/.

epoxy broad goods and tape are layed up, densified, and formed. These

details are then stored in the freezer until assembly. The details are loaded into
a mold for final cocuring and bonding in one operation. The tool.is bolted
together; the assembly is rolled into the oven. Using external convective
heating with the internal heat through cartridge heaters, the rubber expands

and the parf is cured.

Large-Scale Tools — Composite molding tools for 15-meter (50-foot) parts
havz not beer designed or tested to determine where problem areas might

occur. Wing contours employ compound curvatures and twist along the wing
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axis. Dlmensmnal control of the contour is very unportant and’ extraneoua .
arpage of a wing skin during cure would be u.nacceptable. Conventxonal
tooling experience is limited to relatively small parts where thermal effects

cannot be adequately extrapolated to full-sized wing sectmns.

Tooling materials have h'istorically stressed longevity over economy or-

the rmal pronertles. A senous consideration for large mo]dmg teols is the

_ thermal mass which dxrectly influences the heatmg rate durmg cure, Tool '

_designers customanly using massive plates to construct large tools must

reexamine the tradttmnal materials and masses surroundmg the composlte

material to promote umform heatmg ‘at the prescribed rates.

One of the basic problems associated with maintaining dim'ensional control
of a cured wmg is the thermal expansion of the tool and the compresswe

stresses izduced on the part during cooldown. When expandable rubber.curirig-'

is used, this problem can be severe enough to fracture parts. ‘Methodé of

relieving compressive forces on the part by t_}ie tool could be used to avoid
breaking good parts. The problem may be attacked by the sélééi:ion of low<
expansion tooling materials to match the thermal expansxon characteristics of -

the graphite/epoxy material or by demgnmg relaxation mechamsms into the tool.

Many aircraft tools use welding to fafbricaté. strong, rigid_joints from steel
stock shapes. The residual stresses induced by the welding operation'could
produce undesirable warping of the “tool when subjected to the 177° C (350 F)
temperatures assoc1ated with curing graphite/epoxy. Stress- relieving may be
necessary at progresswe stages of tool constructwn. Tool designs may’

require symmetry of sections or balanced masses a2bout a- spec1f1c axis to

avoid warping.

The present programs funded by NASA will not deal with tools on a size typu:al
of the composite wing. Answers to these problems will be found by construct-

ing large tools, measuring the thermal and fabrication effects, and compensat-
ing the demgn of tooling to minimize these problems on the productmn

tooling. )

PROGRAMMATIC ISSUES

The programmatic issues shown in Figure 3-2 are not classified as key

issues because they will be demonstrated in-the sourse of constructing and
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testing flightworthy hardware. An airframe manuféctu_rer will not commit to

_prbduc'tic'm of composite wings until a high degree of confidence exists that

low-weight flightworthy structure can be produced on schedule for predictable

costs. The data and experience needed can only be gained by the design,

manufacture, and test of a flightworthy compoeite wing box which contains. a

- range of design features representative of thosé to be encountered in a new

cormnmercial transport wing.

Data Base

A comprehensive design data ba_se' is essential in the'.developrnént and qualifi-
cation of any new wing design, A data base for in-house comamercial transporf
aircraft has accumulated over the years fme develdpment‘ and qualification
testing of the DC-6/7, DC-8, DC-9, and DC-10 aircraft, s‘upplerhented by many

tests on Douglas-built military aircraft and oth: r data from NASA and various

industry and government sources. The data base includes test data correlated

with analytical prediction, data on the development of analytical methods,

and a library of technical manuals and standards.

The data base for a new model is composed of all applicable data supplemerted
by additional test and technology development to account for new design
features, size effects, and recent regulatory changes. The expansion of an
existing data base represents a modest investmernt-in tirme and cost when

compared to the generation of a totally new data base.

Theé existing data base for alumirum wing structure cannot be used for a

composite wing box design and a new data base must be generated. Data accrued
from the NASA ACEE and other government-funded composite structures programs
and from in-house composite development projects will form the nucleus of

the new data base. This base must be supplemented by data representative of

the composite wing box size, materials, layup patterns thicknesses,

processes, manufacturing methods, structural désig_n features, and other

characteristics.

The DC-10 program can be used to illustrate the application and expansion of
a data base. (See Figure 3-16.) PResults of more than 2000 DC-8/DC-9 fatigue
and fail-safe iests were used to evaluate the 'pr_e'liminary design configuration '

of the DC-10. During the DC-10 development and detail design phases, 300
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bow-tie specimens and 140 wing subcomponent specimens were added to
establish the lg stress levels for the DC-10 wing structure. Many other develop-
raent and verification tests were conducted for static s,trengtﬁ, corrosion protec-
tion, and the like. Full-scale static proof load tests were conducted on the
gecond flight article, and the fourth production airframe was dedicated for

full-scale fatigue and fail-«afe verification tests.

100 PERCENT

. INITIAL DRAWING ' FIRST
ATP RELEASE FIRST FLT PELIVERY
4130 8 MO : 12 MO T _ 9 MO ] 11 MO
LONG-LEAD {TEMS DETAIL DESIGN FAB/ASSY |  FLIGHT TEST
\——— PRELIMINARY
DESIGN
2 MO 11 MO 12 MO 19 MO

SPECIMEN TESTS SUBCOMPONENT TESTS ) : FULLTSCALE. FATIGUE TESTS
\——Dc-sig

TESTS

FIGURE 3-16. DC-10 STRUCTURAL DESIGN AND TEST SCHEDUWLE

The existence of an applicable data base at the onset of a new composite wing

box production aircraft program serves the following purposes:

1. To provide evidence to management and airlines that a structurally .

reliable composite wing box can be produced.

2. To have data immediately available for the design synthesis phase.
Otherwise, schedules must be extended to account for time to conduct

development tests.

Further, the cost of producing a totally new data base could adversely affect

a production commitment te CWB structure.

Weight Estimates

The decision to utilize a composite wing box design in a new production air-
craft is highly dependent upon the weight savings that are obtainable
Projected weight savirgs based upon an optimistic conceptual design may be

compremised as the design synthesis progresses and design parameters are
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introduced which adversely affect the optimum weight. More data are required

to establish that predicted weight savings are ‘valid.

e Durability and damage tolerance criteria may require that lower design
strain levels be established than those on which weight predictions were

based,

e Increased accessibility requirements for manufacturing, inspection, and
in-service maintenance and repair may impose structure inefficiencies

greater than those reflected in the conceptual design.

e Fabrication and assembly methods required to pr_éduce cost-effective

structure may require weight tradeoffs.

e less weight-efficient layup and ply orientation patterns may be required

to avoid geometric distortions for proper fit.

e Additional lightning protection features may be required to preclude

in-tank arcing and other damage.

e The addition of metal parts may be required to improve strength in a

direction normal to the ply layup.

The negative case has been presented. In the same sense, the conceptual
design could be conservative and additional weight savings may be attainable

to enhance the selection of a composite wing box structure,

The weight-estimating techniques used for composite structures are based on
techniques proven by correlation of predicted and actual weights of metal and
fiberglass parts. Additional correlation is derived from parts produced for

the in-iaouse NASA ACEE composite structure programs and the DC-10 upper aft
rudde.r and vertical stabilizer. In-house composite flight evaluation hard-

ware and test articles have also been used to validate the estimating tech-
nigues. It has been found that most of the variance of structural weight

stems from potential variables in the design rﬂ.t‘hér than in weight-estimating

techniques.
Schedules

Delivery schedules for new aircraft are highly competitive and the composite

wing box structures must be available to meet the assembly schedules,
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Figure 3-17 presents a schedule which is considered typical for a new air-

craft to be developed in the mid-1980s. This schedule shows that the. wing

must be completed and ready to be joined to the fuselage structure 19 months

before the first aircraft delivery date.

MONTHS FROM DELIVERY

T
.60 ! 3 24 12 9
\ ' 3 a A
AUTHORITY  plieHT  TYPE
TO PROCEED CERT
APPROVED
PRELIMINARY DESIGN )
WING DETAIL DESIGN ——
WING FABRICATION O
WING ASSEMBLY é‘:}
AIRCRAFT INSTALLATIONS 7
PREPARATION FOR FLIGHT o
FLIGHT TEST —
*WING READY FOR FUSELAGE JOINING

FIGURE 3-17. TYPICAL SCHEDULE DATA FOR A NEW PRODUCTION AIRPLANE

The composite wing box structure poses two schedule issues:

1. A low risk must be associated with composite wing box prodaction
schedules, If the wing is not ready on schedule, the aircraft will be
delivered late. Contracts for the delivery of new airplanes usually '

include late delivery clauses to the effect that the airline must be

recompensed to offset the added expense of pr_oviding alternate aircraft

and for the loss of revenue which the newer model would have generated.

2. The new aircraft go-ahead decision is made after airplanes have been sold
and delivery schedules are firm. At this point, only 19 months remain to
To

reach this point, management must have committed te a composite wing

complete the detail design and produce the first composite wing box.

box preliminary design several years earlier. Unless a very high confi-

dence level exists, one would also need to carry forward a conventienal
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wing design with the implied added development costs to prevent any
delays in meeting the schedule. o

’

Cost Estimates

In making a commitment to utilize composite primary wing structure in a new
production airecraft, the manufacturer will want the increase in benefits of
the venture to be proportionate to the increase in risk, The reliability of

cast predictions is a fundamental risk element.

At present, it would be inappropriate to attempt anything more than a
rough-order-magnitude cost estimate for composite primary wing structure
for civil transport aircraft. Design data and manufacturing data are available
from other programs which, coupled with a preliminary design, could provide
a cost model. However, for a large wing structure, too many factors must

be considered which interact to affect the cost of the final product,

Cost estimates to support a firm production program commitment must be
made on the basis of very early preliminary design information. As the
design progresses, it may happen that design features will have to be incor-

porated which prevent the use of the intended cost-efficient concepts.

The synthesis of the preliminary design for composite structure involves a
knowledge of the manufacturing methods, inspection metheds, and a need for
accessibility for manufacturing, inspection, and in-service maintenance and
repair. Weight optimization and structural integrity must also be considered.
The facilities and equipment that will be available must be compatible with the
production rates and may dictate a less efficient manufacturing approach.
Engineering may specify ply stacking sequences for structural integrity which

exclude cost-effective automated methods. Advanced but unproven low-cost

- manufactu¥ing methods must be weighted against the risk of delays and

higher rejection rates. -

When all of these and other factors are considered, there is little justification
to place much credernce in cost predictions based on a preliminary design

with no historical wing data to support the predictions.
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A composite wing technology pregram which includes options for the design,
manufacture, and test of full-scale composite primary wing structure for
civil transport is essential before the manufacturer can place any reliance

on his predicted costs.
Experience

A large, experienced staff will be required for the composite wing box pro-
duction program. Management must be assured that capable personnel are
available to create a minimum-weight, low-cost design, and to produce

high-quality, certifiable structure on schedule.

The new airplane's first delivery schedule limits the time available to expand
and train the composite wing box staff. ' An experienced cadre must exist to
train and supervise new personnel, te develop structural and manufacturing
technology for long-lead-time tasks, and to provide technical expertise to

develop a technically acceptable preliminary design.

Capability must be established in the structural design team, materials and
process engineers, manufacturing engineers, guality assurance personnel, and
production fabrication and assembly workers to assure a bal,a:riced and

coordinated composite wing box production program.

The experience base that will be provided by NASA ACEE compesite structure
programs, in-house programs, and other government-funded composite
programs must be further expanded before the composite wing box production

program is started.
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SECTION 4
WING SELECTION

A bascline wing design is a prerequisite to the conceptual design of the

 composite wing box structure for the following reasons: (1) for weight

saving, cost, schedule, and trade study comparison, (2) to define the
scope of the development program, and (3) to determine facilities and

equipment required.

Five aircraft wings were evaluated as prospective candidates for the com-
posite wing technolegy pregram, Parameters considered included the

follewing:

1. The vehicle should be a commercial transport aircraft with a range of

design features to adequately demonstrate wing technology.
2. The wing should be a reasconable size to be cost-effective,

3. It should have the geometry, structural loads, environmerital exposure,
atilizatien rateé, and FAA certification requirements typical for a

future production aircraft.

4, Design data such as criteria, external loads, loft lines, and interface

requirements must be readily available,

5. An aircraft must be available for a composite wing flight evaluation
program. This implies certification by the FAA and subsequent revenue

operation by a commercial airline.

These factors imply- that the candidate wing option-s‘ are limited to civil
transport aircraft manu;fa-ct'ured by the developrient plan contractor and
cur‘rentiy in airline service, or at least far enough into development to
ensure that de s-ig‘n _da.ta‘are available and that an airplane will eventually

be available for flight evalu-é.-ti.-on.

Accordingly, the five candidate wing options shown in Figure 4-1 were con-

sidered duting the wing study:

1. The wing of the model €-15 STOL a.-ii-"cr'a_.ft' for the United Siate Air Force.
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Two prototype YC-15 aircraft have been built and flown., Since the study
started, the Air Force has discontinued plans for C-15 p_roduction and
NASA now owns the two prototype aircraft. This airplane wing has the
right size for the development plan with adequate structural features
for resolution of key issues., However, the airplane is not a civil trans-

port and would not be suitable for in-s_ervic-e evaluation,

2. A DC-X-200 is currently in advanced design, Wing design data are
available, The wing is a ﬁig-h-aspect-— ratio supercritical wing which is
probably representative of o 1985. 1990 productmn aircraft and m1ght be
a good choice if a flight evaluation phasé were not required in the -

development plan.

3. The DC-10 wing satisfies all requirements except that -it'is too large for
cost and schedule factors. The design of the wing box does not lend
itself to a spliced outer compbsite wing exéept ou=t-boar&‘ of the fuel tanks,
This outbeard section does not sufficiently represent inboard wing design
features to address all the key issues (fuel tank wing-to-fuselage joining, .

main landing gear attach heavy structure, etc. ).

4, Many DC-8 aircraft are still flying and désign data are readily available,
The full-span wing box is too large for an economical program, but the
oﬁ-tbo-ard wing has a design joint to the inboard wing. The size of the
outboard DC-8 wing is ideal, but the ob;ectmn mentioned for the DC-.10
outbeard wing applies equally to the DC.8 outboald wing: it is not repre-

sentative enough to adelress all the key 1ssues

5. The DC-9 wing has the beét attributes for the composite wing structural
development pian. It is small enough so that the full wing can be used,
data are available, many aircraft are in commercial service, and the
wing design is representative, _Figure 4-2 shows the~sir-'nila'r_'1ty of the
main box geemetry of the DC-9 wing to the next-g.éne‘;atién DC-X-200

supercritical wing box geometry,

Of the five wing options considered (Figure 4.1 1), the DC-9 aircraft easily
outranked the other candidates on the ba515 of the parameters There have
been many diffe rent DC-9 models dehvered to a;.rhnes. More than 320 -

model DC-9-32s have been delivered and the same wing is u_sed on several
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PANEL : '

LOAD AREA COMMERCIAL 1985-1990
MODEL K/IN. SQFT  AIRPLANE COMPLEXITY  PRODUCTION

—_—_ ] €5 12 4l NC- MAXIMUM - PGSSIBLE

{4 ENGINES)

510 YES MAXIMUM YES
(2 ENGINES)

209 YES MINIMAL YES
(TOTAL PROBLEM
RANGE)
941 YES MAXIMUM YES
{2 ENGINES) '
186 YES INADEQUATE NO
(LOCAL PROBLEM
AREA)

LGEN-2183)

FIGURE 4-1. WING OPTIONS

DC-X-200 WING BOX
(SUPERCRITICAL AIRFOIL)

|

DC-9 WING BOX
/ (CONVENTIOMAL AIRFOIL) |
— - - ” . ._ . \-\ ‘-‘. .‘
< [ \l__ . . - >

+GEN.25763

FIGURE 4-2. COMPARISON OF WING BOX GEOMETRY
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other models, including freighter versions, the Air Force C-9A/VC-9C, and
the Navy C-9B aircraft. The DC-9-32 airplané is &till in production, and
the vehicle will be available for flight evaluation in the mid-1980s. For
these reasons, the DC-9-32 was srlected for the conceptual désign and
development plan, The DC-9-32 wing structural arrangement is shown in

Figure 4-3,

e tion Ad
TYFICAL Beg
o

MAIN BOX STRUCTURAL WEIGHT
3172 KG (6992 LB) TOTAL

FLaR wvgE LNt

APoLEr mmgE Ll

TO® LEPT ANTISULATID BITE
vifm

A, gmon Jrp———"

TekicAL PLAS 7 GEM-2OTB

FIGURE 4-3. DC-9-32 WING STRUCTURAL ARRANGEMENT
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SECTION 5
PROGRAM OPTIONS

Five program options have been conceived to provide a realistic basis for a
contractual technology development effort that will resolve the issues which
have been assessed for composite wing box structure, The options are
shown in Figure 5-1, All options feature a DC-9-32 aircraft as the base-
line configuration around which consistent, well-balanced, and comprehen-
sive plans are formulated. In composing the candidate options, the aim
‘was to establish a set of alternatives which could be used to compare cost,
technical risk, and schedule, The timeliness of completing the technolegy
development in relation to future aircraft programs is an important

selection factor.
PROGRAM PHASING

Prograrm phasing has been implemented for better management control.
Progress can be monitored within each phase and each phase can be
separately funded, reviewed, and evaluated for effectiveness in achieving

program objectives.

Phase I — Preliminary Design

Phase I of the development plan includes a technology development and the
preliminary design of a DC- 9-32 composite wing box structure, All tech-
nologies which affect the preliminary design are exercised in this first
phase. Structural design criteria must be established, trade studies
conducted, and design layouts completed. A comprehensive structural test
program must be conducted (see Figure 5-2) to provide data to support the

choice of structural arrangement and deésign features,

Unlike metal structures, the manufacturing methods to be t}sedz*mu-st be
decided during initial design. Extensive manufacturing técgh\hél'ogy develop-
ment is included to ensure that a practical design.is developed. See Figure

5.3, This holds true for access for inspection and repair, lightning pro-

tection design features, and eother technical and economic design paramters,

A synthesis of these preliminary design parameters is presented in

Figure 5-4,
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OPTION

1 , ' GROUND TEST

GROUND TEST

GROUND TEST
' FLIGHT EVALUATION

GROUND TEST AND
FLIGHT EVALUATION

GROUND TEST AND
FLIGHT EVALUATION

S-GEM-31 7434

FIGURE 5-1. PROGRAM OPTIONS EVALUATED
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FiIGURE 5-2. STR UCTURAL DEVELOPMENT TESTING — ALL OPTIONS
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COCURED, REMOVABLE SKIN
MECHANICALLY FASTENED

EXTERNAL STIFFENERS
SECONDARY BOND
STIFFENED SKINS

8-GEN-21784

FIGURE 5-3. MANUFACTURING TECHNOLOGY — ALL OPTIONS
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/
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LIGHTNING
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8.GEN.21783A

FIGURE 5-4. PRELIMINARY DESIGN — ALL OPTIONS
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Phase II — Detail Design

Phase II converts the preliminary derign layouts into a detail design from
which drawings are produced in order to manufacture hardware. Strength
analyses are performed to ensure structural integrity and final criteria,
Loads analysis, strength analysis, and weights analysis reports are prepared
and submiited to the FAA for substantiation of compliance with zpplicable
regulations. Verification tests are conducted on specimens representative

of the final design to provide allowable strength data and to validate manufac-
turing processes before starting component manufacture. For a Phase II

summary, see Figure 5-5,

DRAWINGS VERIFICATION
\\ TESTS

PDR ANALYSIS

DETAIL DESIGN

DOCUMENTATION

MANUFACTURING
VERIFICATION

FIGURE 5-6. PHASE {! DETAIL DESIGN

Phase 111 — Manufacturing

Phase III covers the manufacture of compoenents for full-scale ground testing.
Tool design and tool fabrication, manufacturing planning, specifications,
process controls, and quality assurance are all included in the manufacturing

rhaseé. See Figure 5-6.
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QUALITY
ASSURANCE

FIGURE 5-6. PHASE Il MANUFACTURING

Phase IV — Verification Testing

Phase IV covers the full-scale static, fatigue and damage tolerance, and
crashworthiness testing, Tasks in this phase include preparation of the
composite wing box to accept test leading fixtures, test pla‘n.ni.ng, fabrication
and setup of test hardware, the actual testing, data acquisition, and prepara-
tion of test reports. The objectives of Phase IV are to validate the struc-
tural integrity of the final product in accordance with FFAR Part 25 require-
ments, The test articles will also be utilized for crashworthiness and repair

of major damage tests, See Figure 5-7.

FATIGUE DAMAGE
TOLERANCE

CRASHWORTHINESS

STATIC

FULL-SCALE
VERIFICATION
TESTS |

VIBRATION = === REPAIR

FIGURE 5-7. PHASE IV FULL-SCALE VERIFICATION TESTS
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Phase V — Flight Development

Phase V covers flight development, and starts with the fabrication of a com-
posi.t‘e wing box for installation on an aircraft, The acquisition of a DC-9-32°
aircraft and the modification of the aircraft to accept the composite wing box
are Phase V tasks, FAA and manufacturer-required ground tests of the
aircraft in the flight cuniiguration must be comf:l_eted and data submitted to
the FAA for type inspection approval (TIA) before FAA pilots will fly on the
aircraft to witness and approve flight tests required for type certification
(TC). After flight tests are completed; the aircraft is refurbished te remove
test equipment and configured for delivery to a commercial airline. See

Figure 5-8.

® MODIFICATIONS @ INSTALLATIONS

® GROUND TESTS

© FLIGHT TESTS

&-GEN-21882

FIGURE 5-8. PHASE V FLIGHT DEVE LOPNIIENT

Phase VI — [n-Service Evaluation

Phase VI covers menitoring of the aircraft with a composite wing box after
the airplane is delivered to an airline operater for nermal revenue operations,
The composite wing box will be inspected at intervals and by methods in
accordance with an FAA-approved plan. The manufacturer will monitor the
inspection program, provide special repair procedures as reguired, evaluate
durability in the civil transport environment, and submit periodic reports to
NASA and the FAA to document the structural performance of the composite

wi.ng Bex. See Figure 5-9,
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® AIRLINE COMMERCIAL FLIGHTS
@ INSPECTION

® REPAIR

® MAINTENANCE

FIGURE 59, PHASE VI FLIGHT EVALUATION

DESCRIPTION OF PROGRAM OPTIONS

Table 5-1 presents a summary of all five program options considered. It was
considered essential to include provisions in all five options te (1) acquire
technology and data, (2) gain design experience, (3) manufacture representa-
tive win-g'hardware, and (4) interface with the FAA to demonstrate the certi-
fication procedures for composite structures. The variation between options
is therefore limited to the size and quantity of hardware te be manufactured,
the amount of testing to be accomplished, and whether a flight evaluation

program should be included.

The quality of the technology and data is influenced by how closely the develop-
ment program is representative of a new aircraft program. Options which

do not produce flight hardware can feature structural arrangements and

design concepts more ideally suited to compeosite structures. Options which

specify a flight evaluation program are constrained by the need for compesite

hardware to interface with existing subsystems and adjeining metal structures '

as discussed in Section 6. Compromises must be made which reduce the cost/
weight benefits of the composite wing, These compromises are offset by the

touch of realism added to a program which pif‘oduces flightworthy hardware.
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TABLE 5-1
PROGRAM OPTION SUMMARY
N PROGRAM OPTION.. _ ..
FHASE PHOGRAM FEATURES i Z , 3 a 5
" PHASE | DESIGN. SYNTHESIS x | x| X | X X
PRELIMINARY LAYOUTS o X | % | x | X X
DESIGN STRUCTURAL DEVELOPMENT TESTS | X | X X | X X
‘ MANUFACTURING TECHNOLOGY DEV x P x | X X X
o ) REPAIR TECHNDLOGY FNEES S X X
PHASE H [ DETAIL DESIGN 7 X | % x 1 x{ %
DETAIL SUBOMPONENT VERIFICATION TESTS X} X | X X X
DESIGN_ MANMUFACTURING. VERIFICATIQN X | x| X ] X X
PHASE i1 "~ | MAJOR SUBCOMPONENT @l ‘
MANUFACTURING SEMISPAN WING BOX @ [ (3 | 3l i1}
FULL-SPAN WING BOX - | {2
- _| GRASHWORTHINESS TEST BAX oy Lo b [ om
PHASE IV - STATIC x| x X X X
FULL-SEALE «, FATIGUE AND DAMAGE TOLERANCE | X | X X X [ X
VERIFICAZION TESTS | CRASHWORTHINESS X X X X X
. »‘i\_ * REPAIR OF MAJOR DAMAGE X | % X X X ..
\ N ., VIBRATION X | X X X X
COPHASEY " SEMISPAN WING BOX |
FLIGHT DEVELOPMENT | FULL-SPAN WiNG BODX . . i1
-  QUTHOARD WING BOX — {1}
PHASE Vi SEMISPAN WING BOX Ix
SERVICE EVALUATION | FULL-SFAN WING BOX . . [ X
.OUTBOARD WING BOX - i

X INDICATES OPTION CONTAINSG PROVISIONS FOR THE NOTED FEATURE
{ | INDICATES NUMBER OF UNITS TO RE MANUFACTURED

Knowing that the final product will eventually be used in revenue service will
imbue the same attitudes in the membeis of the development pregram team

that exist in those assoicated with a productien program. In the same sense,
g-eater confidence in the technology and data prduéed from a flight program

can be expected from the commercial transport aircraft commaunity.

Option 1 — Subcomponent Wing Development

Program Option 1 is composed of unconstrained Phase I preliminary design
tasks and Phase II detail desigh and subcompoenent verification testing. |
Phase III full-scale manufacturing technology development and validation are
limmited to the fabrication of four major subcempenent articles, as shown in
Figure 5-10. Phase IV tests do not include a representation of wing -fuselage
interaction effects. Analytical substantiation will be provided to the FAA to
verify the structural integrity of the co_mposi:té wing box and the FAA will
witness and approve all tests and test data which are used to demonstrate

compliance with Federal airworthiness requirements,
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TEST FIXTURE

TRANSITION SECTION
COMPOSITE WING BOX SPECIMEN

T GEN25776-1

K,
Opr G'sz
ot 2,

FIGURE 5-10. WING BOX TEST SETUP — OPTION 1

Option 1 is a least-cost programn, requires fewer facilities and equipment,

and produces data sconer to suppert a management commitment to 2 production
compeosite wing bex, However, it supplies the least amount of data, does not
exercise manufacturing technology to the same extent, does not verify struc-
tural integrity to the same extent as other program 6ptions which feature full-

scale test hardware, and dees not provide flight hardware.

Option 2 — Full-Scale Wing Development — Ground Test

Progx"a'm Option 2 also features an uncoenstrained engineering design and is
different from Option 1 in that the three major subcomponent tests are
replaced by the full-scale semispan composite wing boxkcem-ponents for static
test, fatigue and damage tolerance tests, and a manufacturing development
article. The test setups are shown in Figure 5-11. For test purposes, the
composite wing box is joined te a production (aluminum} DC-9 wing box, as
shown in Figure 5-11. A major subcomponent is added to Phase IV for
crashworthiness and repair of maior damage verification tests, as shown in
Figure 5-12, Opfion 2 does produce full-scale hardware and can be designed
to be more weight efficient than a design which is constrained to meet

DC-9-32 criteria and interface requirements, v
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STATIC ULTIMATE TEST
FATIGUE AND DAMAGE TOLERANCE TEST

RESTRAINT BULKHEADS
PRODUCTION

DC-9 WING BOX
(ALUMINUM) B _ |
TRANSITION -
SHELL (JIG)\ HN‘\/ | ~J"TRANSITION SHELL (JIG)

_ < COMPOSITE WING
3 r A

BOX SPECIMEN
~ j RESTRAINT BULKHEADS “ ~ B:GEN-21878

FIGURE 5-11. TYPICAL TEST SETUP — OPTIONS 2, 3,4, AND &

COMPOSITE WING-,
BOX SECTION

4.GEN-21879

FIGURE 5-12. FULL.SCALE SUBCOMPONENT/CRASHWORTHINESS TEST SETUP
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Option 2 is adequate to resolve most of the structural and manufacturing
technology and economic issues. The elimination of flight development and
in-service evaluation phases offers a significant reduction in program costs

as compared to Options 4 and 5,

Option 3 — Full-Scale Wing Development Mini-Flight Evaluation

Program Option 3 is identical to Option 2 except that a composite outer wing
box has been added for flight evaluation, The intention is to design the
composite wing box without regard for eventual installation of the outer wing
box on a DC-9-32 aircraft. After the initial design is completed and used
for the manufacture and verification test phases, the composite wing box
design would be modified to adapt the composite outer wing to a DC-9-32

aireraft.

Option 3 provides for an unconstrained composite wing box design with a
limited flight development and in-service flight evaluation program. The
flight component would be outboard of the fuel tank and would not be repre-
sentative of many of the significant design features of the inboard wing. See

Figure 5-13,

< OPTION 3 — COMPOSITE
i\ - WING TIP

OPTION 4 — SEMISPAN
CwWB

OPTION 5 — FULL SPAN CWB

7-GEN-25772-1R

~ FIGURE 5-13. FLIGHT EVALUATION PROGRAM
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Option 4 — Full-Scale Wing Development — Flight Evalu-atior;-

Option 4 adds the flight development and i-n-servicé evaluation phases to thé

~ ‘Option 2 program, ‘O_pt'mn 2 features an unconstrained design for better
weight savings, but the Option 4 design must be constrained to satisfy DC-9-32
criteria and interface requirements. The manufacturing effort is increased

te fabricate a semispan composite wing box for flight development. A semispan
compesite wing box will eliminate the need for the opposite wing tooling and
reduce the composite wing box fabrication effort. Since there is a possibility
that a favorable management decision can be made without benefit of the flight
development or in-service evaluation phases, the program has been organized
so that all tasks to preduce flight hardware, including engineering redesign

of aireraft structure and subsystems (Phase V), can be deferred until data are

available from the Phase IV full-scale verification tests.

Optien 5 — Full-Scale Wing Development — Full-Span Flight Evaluation

Optien 5 is very similar to Option 4. The primary difference in the twe
programs is that a full-span composite wing box is featured in lieu of a semi-
span composite wing bex which is spliced at the airplane centerline to an
existing aluminum boex. Schedules would be the same as for Option 4 and the
cost would be increased by the cost to produce right-hand composite wing box
tooling and three additional right-hand semispan components, less the cost of
two right-hand production aluminum wing box compenents. The manufacturing ~
development box could still be left-hand only, and the third right-hand box

comes with the acquisition of 2 DC~9-32 aircraft in Phase V.

The full-span composite wing box hardware featured in Option 5 increases

program costs over Option 4 with no real gain in technology.
EVALUATION OF ALTERNATIVES

The five program options have been compared to select the option best
qualified to form the basis for a contractual technology development effort.
The five options were evaluated in terms of relative cost, the time when
technolegy and data would be available, and the extent that the technology

gained from each option would fulfill program 6bjec.tives.
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Table 5-2 summarizes the results of the comparisen. The range of the varia-

tion of relative cost is 47 percent. This can be attributed to the fact that many
features are considered essential and are common to all eptions. The schedule
in Table 5-2 refers to the elapsed time from the start of the composite wing
technology program to the delivery of the FAA-certified aircraft to an airline
for flight evaluation, or to completion of the test prograra for the option where
no flight evaluation is included. The estimated five years te conduct the

Phase VI flight evaluation is not included in the table.

TABLE 5-2
PROGRAM OPTIONS
EVALUATION
' TEGHNOLOGY
RELATIVE | SEHEDULE|  GAIN
OPTION| COST (YEARS) | (PERCENT)
1 0.77 5 70 '
2 0.93 6 85
3 0,95 6 50
4 1.00 6 100
5 1.13 6 100

Program bptien 4 offers the best combination of technology gain versus cost
with the same availability of technelogy and data. Option 4 provides the air-
linre with the opportunity for routine inspection, experience, and maintenance.
The expected technology gain is considered adequate to impart the level of
confidence required for acceptance., Option 5 does not add a significant gain

in technology to justify the 13-percent increase in pregram costs.

From the comparison eof the five options, Option 4 is judged to be the most
outstanding and will be used as the basis for the formulation of the development

plan discussed in Section 7.
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SECTION 6
CONCEPTUAL DESIGN

A conceptual design of a DC-9 composite wing box that can replace a metal
wing on an airplane was developed for flight evaluation. It forms the basis
for the development plan which outlines the design, manufacturing, and
testing efforts required for the application of composite materials to the
wing of a DC-9 flight article. The design layouts emphasize those aspects
of the structure that are unique to comp.esi-te components and assemblies as
well as interfaces with adjeining structure, control surfaces, and systems.
This design is also the basis for the weight estimate which indicates the

potential for this type of construction,

The intent of the conceptual design was to depict the types, forms, and
approximate sizes of structure involved in composite wing design so that-
associated problems could be foreseen, possible solutions outlined, and the
magnitude of the development effort defined. The design is merely offered
as representative composite structure. Detail comparative design studies
are to be accomplished during the preliminary design phase of the develop-

ment program itself.
STRUCTURAL DESIGN CRITERIA AND LOADS

The design criteria used for the conceptual design included interface
reguirements, stiffness, and strength, This approach permitted the
definition of the general arrangement and preliminary sizing of structural

elements by layout, existing analytical design methods, and available data,

Interface criteria dictate the locations of external support structure. The
development program is te be limited to the wing boex, but exikting slats,
aileron, speilers, flap, landing gear, and fixed leading edge and trailing
edge structure must be installed on the box, which is in turn installed on an
existing fuselage. This requires that all suppoert structure associated with
these installations be located in the same position it now has on the |
metal wing. Otherwisé, the attaching external structure and systerﬁs

- would require redesign.
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Previous in-house stud-ies of composite wing and stabilizer structure indicate
that the bending and torsional stiffness provided by the metal box should be
maintained in the composite configuration. This ensures that the same load"
distributions will be imposed on both wing box and attaching strﬁcture, such
as flaps and slats, and eliminates the need for new loads analysis or redesign
of attached structural components, It also ensures the same flutter charac-’
teristics and flying qualities, Existing values of bending and torsional stiff-
ness of the DC-9 metal wing are presented in Figure 6-]. These are the

values required of the composite wing box concept.

Strength is alwdys a basic criterion in any design, 'All ‘structural elements
including skin panels, spar webs, ribs, attachment fitting installation, and
major joints were checked for static strength. Elements not sized for

stiffness were designed for strength,

The loads used in this désign effort were the same as those determined for
the DC-9 metal wing. These include the basic wing bending, shear, torque,
and fuel pressure loads shown in Figure 6-2. Skin panel loading is presented

in Figure 6-3, and concentrated support reactions are given in Figure 6-4,
CONCEPT SELECTION

The general arrangement selected for the conceptual design is a two-spar,
multirib configuratien with the spars and ribs in thé same locations as in
the existing metal design. This selection was based primarily on the inter-
face criteria. The multirib arrangement provides an established aipproach_
to the solution of all major preblems asscociated with load paths, interface
provisions, and fuel tank requirements. An effort was made to establish
viable concepts for composite application te the extent reguired for develop-

ment plan definition.

The basic structure consists of blade -stiffened skin panels and shear-
resistant, stiffened laminate spar and rib webs. This cheice was based on
stiffness criteria and previous Company-spensored studies of the application
of graphite/epoxy structure to the DC-9 wing box, These studies included
the evaluation of a number of different skin panel concepts. A maultirib

arrangemient was assurned, and J-stiffened, blade-stiffened, hat-stiffened,
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and T-stiffened panels, shown in Figure 6-5, were evaluated on the basis of

strength, stiffness, and weight,

The structural efficiency of these concepts ﬁnéonstrained by stiffness cri-
teria {i. e., for strength only) was evaluated as‘ pr'e"sented_ in Figure 6-6.
Here, curves showing weight variation with compressive load intensity indi-
cate significant differences in structural efficiency, with blade - stiffened
pé.nels being the least efficient. However, further investigation showed that
the panel area required to satisfy bending and torsional stiffness criteria
was the same in all cases, and greater than the area required by strength.
This resulted in equal weights for all concepts. Blade-stiffening was
selected as the least complex for fabrication and thus the one which would

minimize costs.

Three candidate configurations shown in Figure 6-7 were evaluated for the
spar and rib conceptual design. These configurations are of blade-stiffened,
sine wave, and sandwich construction. The structural efficiency advantages
of the sime wave and sandwich panels were offset by the structural provisions
for subsystem installation and access: (1) subsystems — control, fuel,
hydraulic, and electrical, and (2) access — assembly, inspection, mainte-
nance, and repair. The lower-cost blade-stiffened concept was selected

since it would result in fewer changes in subsystem installation design and
structural interface while maintaining the same access provisions as the

metal wing at no appreciable weight increase.
STRUCTURAL DESCRIPTION

The DC-9 wing consists of a main structural box which forms the fuel tank
and supports the fixed leading edge and slats off the front spar and the fixed
trailing edge panels, aileron, spoilers, flap, and main landing gear off the
rear spar, as shown in Figures 6-8 and 6-9, The structural box continuity
is maintained across the fus elage. It is joined to the fuselage at the wing-
fuselage intersection (xc-:w = 58,500)., The sweepbreak is also at this

locatien, as noted in Figure 6-8,

The conceptual design of composite application te this wing is limited to the
main structural box on the left-hand side. Attaching structure and control

surfaces are assumed to be of existing aluminum construction. The
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composite left;hand box is joined to an aluminum right-hahd_box at the

centerlinc of the airplane and to the fuselage at the sidewall,

The composite box is approximatelf 15,25 meters (50 feet) long, 3.5 meters
(12 feet) wide, and 0.5 meter (2 feet) deep. It is a two-spar, multirib
arrangement with each component in the same location as its metal counter-
part. Each composite member performs the same function and resists the

same loads as the aluminum member it replaces,

Wing Skin Panel

The shear-resistant wing cover panels are composed of graphite/epoxy
laminated skins with integrally stiffened blade stringers, as shown in Fig-
ure 6-10. Composite spar caps are interlaminated and cocured with this
wing panel. Figure 6-11 details a typical access cover installation that is
provided in the skin to allow access to the wing box for assembly as well as

fuel tank inspection and maintenance.

The blade stringers are in the same location on the l;awer wing panel as on
the aluminum DC-9 Serics 30 wing to facilitate installation of existing fuel
pumps and their associated plumbing. The upper panel blade stringers were
relocated to prevent skin panel buckling at design ultimate load. These
blade stringers as well as the wing skins are tapered outboard to the wing
tip bulkhead, as shown in Figure 6-10. Slotted holes are designed inte the
wing panel blade string:ers to eliminate fuel entrapment. Cocured shear
clips nested between the blade stringer attach the wing panel to the rib webs.
These shear clips also allow passage of fuel through the rib boundary.
Access through the wing skin is required for fuel venting, dipsticks (fuel
quantity gages), and fuel probes. Their approximate number and location

are given in Figure 6-8, -

Wing Spar

Two major load-carrying members of the wing are the wing front and reary
spars, Figure 6-12 details the spar configuration and its relation te the
wing panel and indicates the laminate construction. The composite spar cap
which is cocured to the wing skin is mechanically attached with titanium

fasteners to a blade-stiffened 15-meter (50-foot) long composite spar web,
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as shown in Figure 6-13., Highly loaded areas of the spar web such as the
landing gear fitting and trapezoidal fitting are reinforced with additional

laminates.

Typical Wing Rib

The composite wing rib as chown in Figure 6-14 is composed of a shear-
resistant web with integrally coecured, verticé.ily running stiffeners and an
integrally formed spar attach tee. The web is attached mechanically to the
wing skin by means of shear clips cocured to the skin as previously noted. .
Lightening holes in the web reduce weight and allow access to the wing

assembly components and routing of the fuel piping system.

Baffled Fuel B_ul-khea.d

This composite bulkhead, as shown in Figure 6-15, provides a barrier in
the fuel tank to reduce the hydrostatic pressure at the end bulkheads and at
the front and rear spars that could occur vnder certain flight maneuver
conditions. The bulkhead is 2 sealed barrier with flapper doors located at
the lewer wing skin and in the middle of the bulkhead web. These flapper
doors allow fuel to pass freely inboard to the fuel pumps and not outboard.
Access doors in the web are provided for bulkhead assembly and ipéﬁééﬁon.

This bulkhead is similar in design to the wing rib.

Main Landing Gear Support Structure

This structure consists of the main landing gear support fitting that is
bolted to the wing rear spar, special upper and lewer wing skin deoublers,
and landing gear rib, as shown in Figures 6-16 and 6-17, The upper and
lower titanium tapered doublers are cocured into the wing skins. These
doublers provide enough attachment bearing material to allow the use of the
existing forged aluminum main landing gear fitting as well as provide a
load path to redistribute these concentrated loads into the wing box skins.

The in-tank integrally machined aluminum rik stabilizes the wing bex

similar to other wing ribs and also distributes the loads from the main gear

into the wing box, Vertical gear loads are sheared directly into the wing
rear spar. The main gear fitting is given torsional rigidity and side load

stability by the auxiliary spar members.
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Fuselage-Wing Intersection Bulkhead X cw = 58, 688

)4

_ At the fuselage intersection, the wing akin blade stringers are blended into

a thickened pad. This pad is inte rlaminated with a cocured compeosite blade
to function as an attackment for the bulkhead web., The aluminum trape zoidal
fitting is attached to this bulkhead immediately aftof the rear spar anda
titanium tee ties the bulkhead and trapezoidal fitting to the fuselage skin
panels, as shown in Figure 6-18, The primary function ef the Xew = 58. 688
bulkhead is to transfer wing leads into the fuselage shell, stabilize the wing
box structure, and provide a closing fuel tank barrier. The titanium tee
located on top of the wing is designed te transfer wing horizental srh'é'ar into
the fuselage, to maintain the cabin pressure boundary at the upper wing-~
fuselage intersection, and to provide structural continuity across the wing-
fuselage cutout. Vertical loads are transferred from the réa_r spar iato a
specially machined fuselage frame by way of the tra‘pezoidal.ﬁtting. This
fitting transfers the landing gear retract link vertical loads into this same

fuselage frame.

Aileron Hinge Support and Fuel Tank Bulkhead

This bulkhead, as shown in Figure 6-19, transfers the aileron loads intro-
duced at the rear spar-mounted supperﬁag fitting to the wing box structure.
Titanium fittings are cecured inte this bulkhead to transmit the lead from
the aileron. The bulkhead is also the outbeard closing end for the wing fuel
tank, To facilitate tank sealing, the wing blade stringers are faired into the

wing skin under the bulkhead tee.

Flap Hinge Support Rib

The flap support rib is similar in design to the aileron bulkhead except it is
not a fuel tank barrier. The wing blade stiffeners pass through the bulkhead
plane and are connected to the bulkhead in the same manner as the intermedi-

ate ribs. DPesign details of the flap support rib are shown in Figure 6-20.

Center Wing Joint

This jeint mechanically attaches the left-hand side composite wing to the
right-hand side conventional aluminum wing through the use of metal splice
platcs and spar splice airi:glés. Figure 6-21 shows a section cut at the air-
plane centerline., TFigure 6-22 details how stringers are blended inte lands or

pads to minimize stress concentrations and are indirectly joined by conventional
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butt splicing. The spar caps are tapered and Jomed with tapered splice angles
and plates, as shown in Figures 6-23 and 6- 24,

Wing Leadmg Edge

The ﬁxed leadmg edge uses aluminum structuze of the DC-9 Series 30 which
is modified to adapt to the composite front spar, as shown in Figure 6-25,
This structure consists of skin siii{fened by chordwisc ribs and formers that
are permanently attached to the wing. Double ribs support the slat-track
assembly as shown in Figure 6-9. Sealed cans supported off the front spar

web encase the slat track to allow penetration into the fuel tank cavity.

Wing Trailing Edge

The aluminum trailing edge structure is located between the rear spar and

control surfaces (spoiler, flaps, and ailerons), as shown in Figure 6-25.
WEIGHT ESTIMATE

A weight estimate of the conceptual design and a comparison with the existing
metal wing box are presented in Table 6-1. The weight includes only those
items that are functionally chargeable to wing structure. Not included are
many small clips and fasteners on the spars and bulkheads which are used to
assist the wing's secondary function as a fuel tank. Significant items :thét
are not included in the weight estimate are the wing bulkheads at stafion’

er = +111.5 whick are charged to landing gear suppert structure. In all
cases, the composite box weight includes exactly the same items that are in

the metal design's weight.

A study was conducted to determine the éffect of appropriate design constraints
on the weight of the DC-9 composite wing box. In addition to the stiffness-
limited cenceptual design, weight estimates were made for two strain-limited
configurations, both singly and in combination with stiffness limitatiens.,
Strain limitations may be required by damage tolerance considerations. '
These are compared with conventional strength critical er unconstrained

designs., The criteria used in this study are as follows:

Stiffness — Maintain the same bending (EI) and torsional (JG) stiffness

in the composite wing box as in the aluminum configuration.

Strain — 0.004 in, /in. maximum permissible strain in any cemponent.
(0. 004)
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LEADING EDGE (DC-9) — MODIFIED TO ADAPT TO
{ALUMINUM) COMPOSITE FRONT SPAR
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WING LEADING EDGE INTERFACE

-AILERON TRIM TAB &
roa
« }y‘ N
AILERON AR
ACCESS DOOR : AT
L]

REAR SPAR (COM:'OSITE) : . e b‘ r
WING TRAILING EDGE INTERFAC Lo

FIGURE 6-25. LEADING AND TRAILING EDGE INTERFACES

TABLE 6-1
CONCEPTUAL DC-9 CWB WEIGHT SUMMARY

WEIGHT WEIGHT SAVINGS
METAL CWB
DESIGN DESIGN
COMPONENT kg (LBl | kg (L8} kg {LB) PERCENT’
SKIN PANELS 2000 {4607) | 1324 {2920) 765 | (1687 a7
SPAR CAPS 518 (1143} 384 | 848 136 | ( 297) 26
SPAR WEBS 202 { 445) 159 ( 351} 43 | { o94) 21
RIBS AND BHDS 362 ( 797 266 { 587) 95 | { 210) 26
CONTINGENCIES N/A 156 { 344} <156 (<344> ) -
TOTAL 3172 (6932) | 2290 (5048} 882 | (1944) 28
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Strain  — 0.003 in./in. maximum permissible strain in any conipenent.
(0. 003) : B | |

Strength — Component fracture or buckling tvnder ultimate static leads.

This investigation was limitéd to the weight variations of the cover skin
panels. For the purposes of this study, rib and spar weight savings are
assumed to be unaffected by the above criteria for all design conditions and

the weights shown in Table 6-1 are used for all study cases.

The stiffness criticzl design used in this com:parati’ru're study .i's the conceptual
design utilizing blade- stiffenzd skin panels and shear- resistant spar and rib
webs, T-stiffened skin panels with the same spar and rib webs were used

‘for both strain-< and strength constrained de51gns.

Panel design proceeded along the same lines in each case: Element sizes
were computed for both upper and lower skin panels at a nul.;nber. of stations
along the span of the wing for DC-9-32 loads and appropriate limitations.
The unit panel weights were computed and added to spar, rib, -and contlngency
unit weights to give the total unit wing box we1ghts at each station. These
are presented in Flgure 6-26 and extended in Figure 6-27, which shows
cumulative weight from the cente rline of the airplane outboard:. A summary
of total wing box weights and percentages of aluminum wing box weight and
airplane operators empty weight are presented in Table 6-2. The 'stren!gthl
criteria (‘KT = 1,0) is the lower bound for all r:end-’itians, The computations
of curmulative and total weights are de r1ved f.\ om the unit weights of Figure

6-26.

The results show significant weight savings for all design conditions. However,

the full strength/weight potential of gra.phite/epoxy structures is severely
limited by the imposition of stiffness and/or strain constraints, Table 6-2
shows the weighi: savings resulting from stiffness, 0.004-in./in. Strain, and
the combination of the two as being roughly the same with the 0. 804 in. / m
strain alone as producing the greatest weight saving. This is 64 percent of
the weight reduction provided by a strength-limited design. The smallest
saving results from a design constrained by 0.603 in. /in. strain ahd s-t‘i-f.fnesé
limitation, which is only 41 percent of the full strength/weight potential.

This is a realiatic evaluation ofi the range of weight r_gduc.tion that can be
expocted from composite wing design and serves to 'emph-a.size the importance

of minimizing stiffness and strain constraints.
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TABLE 6-2
COMPOSITE DC-9 WING BOX WEIGHT SAVING POTENTIAL

WING BOX | WING-BOX | WING BOX OEW
TOTAL |  WEIGHT . WEIGHT | WEIGHT
WING BOX WEIGHT SAVED. _SAVED | 'SAVED
DESIGN kg (LB} ka (LB) {PERCENT) | (PERCENT)

GREP 1740 (3835) | "1432 (3157) 45 © 5.36
STRENGTH :

CONSTRAINED _ 7

GRIEP STRAIN | 2250 (4960} | 922 (2032) 28 3.45
0:004 IN./IN. .

| consTRAINED .

GR/EP 2240 (5048) | 882 (1944} | 28, | 330
STIFFNESS . .

CONSTRAINED .
GR/EP STRAIN | 2359 {5200) | 813 11792) 26 3.04
0,004 IN.JIN. ,
+ STIFENESS
CQNSTH:AlNED
GR/EP STRAIN | 2498 (S508] | 673 (1484) 21 | 252
0.003 INJIN. .
CONSTRAINED A
GR/EP STRAIN 1 2582 (5692 590 (1360} 19 . 2.21
0.00% INJIN. | - , .
« STIFFNESS |

. COnRSTRAINED |
ALUMINUM | 3172 (6992) - - -
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| SECTION 7
“THE DEVE.LOPME-N,T PLAN

A cc)mpc::si.-te wing technology program has b'eeh de:_ﬁ-néd wh;ch will provde
the needed tec-hn;:)logy and data to support the introduction of primary
composite wi'ng' struéture into prdducf‘ioh aircraft. The parameters upon
which the program was constructed as dlscussea earller, include the
acceptance factors, the technology assessment, the selection of a DC-9-32
wing for the basic wing configuration, and the selectmn of program Optmn 4

to define the details of the plan.

On this basis, a low-cost program has been es-tablish'e'd which will meet
program objectives with an acceptable risk level and will address the issues

considered most critical by the commercial air transport commumty

The statement of work for the-develépment pla-m ha;'s bee-n seﬁuentia-liy .
scheduled in six phases, as shown in Figure 7-1. Table 7-1 sﬁmmavrizes the
tasks to be accomplished by departmental -£uﬁ-ctlons for the six program
phases. Cost, schedule, and technical ,fael.-».fox'-mauce can be monitored and
evaluated, and program redire c.tién‘cfa,n be, effected as downstream develop-
ments diverge from predictions., KEach ph;ase'_can. be separately funded to
allow a reallocation of funds to support the redirection. This will tend to

minimize the programmatic risk associated with creative endeavors.,

The development plan contains the foll.o'win.g prdyisions ;,- as in F“igure 7'-.'2..
e A comprehensive tech;n-é’iogy de velo.pment- program. |

® Design of a DC-9-32 c-ornpbs-ite wing based on the ‘conce;p_tl_:‘_ral design.
e Design and censtruction of large tools for cemposite parts.

e Production of flightworthy hardware.

e Test verification te meet FFAA s;truc-ttira‘-_l inte g_ri.lty requiremen-t_s.

o  Installation of a composite wing box on a certified DC-9-32 aircraft
with subsequent ground and flight tests to quélif-y it for commercial

revenue service.
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il e

] Momtonng and evaluatmn of the perfurma.nce of the composxte wmg box -

for 5 years while in révenue service:

The development plan also includes the en_gi_nee ri'ng plan, materials and

process plan, manufacturing plan, quality assurance plan, and test plan,
ENGINEERING PLAN

The Engineering Plan consists of the d‘e'si'gn synthesis in Phase I, d'et’ail -
des1gn in Phase 1I, engineering support throughout the entu-e -program, and
FAA cert1f1cat10n. ' '

Design Synthesis:

Engineering activity in the d_e‘sign synﬁhesié phase will be devoted.to p-relim-', |

inary design, evaluatien, and selection of s.tru-jctii:ral.ccncepts"fer further

development. The structural requirements, potential structural concepts ,'

candidate materials, and methods of a-nalysi_sf. of composite structures will be S ,:
brought tegether in various designs. “These aesigns will form the eleis of | |

evaluations in terms of weight, cost, and risk.

The design .synthesis‘ process shown in Figure 7-3 is an iterative one which
will paraliel and inte rface with the manufacturmg, development test, and |
mainténance and repalrabﬂlty act1v1t1es Initial e.\{aluatlon of structural
candidates will determine which ‘conce.p_ts.a.re_ to be designated for develop-
ment and test. Data from these evaluations will be fed back to the layout
effort for design refinement ana to tne trade studies for reevaluation and
elimination of the less efficient concepts. This process’ will 'fesult'in the
preliminary design of the concept selected for detail design and fabrication

of a full-size composite wing box.

Structural Design Criteria and Loads — The basic eriterion to be used through-
out this program is that the composite wing must be comparable to the '
alummt.un wing in all areas of structural integrity, flight performance,

ground handling, and maintenance. To achieve this, the composite wing will
be designed to satisfy all Federal Aviation Regulations a.ppl‘—icebl-e to the
DC-9-32 -aircraft. Coempliance will be shewn in accordance with the guide-

lines described in Reference 2
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FIGURE 7-3. DESIGN'SYNTHESIS PROCESS

Additional design criteria are required to ensure proper installation and
performance of a composite wing box on a DC-9 flight article. The;se include
the stiffness criteria rec‘qvui.rvivng the composite box to 'have the same bending
and torsional stiffness as the metal box it replaces and interface criteria
which require the locations of all mterface structure to remain where they
are in existing airecraft. These are the same as applied to the conceptual
design, described in Section 6. An FAA criteria summary al-on-g with the

source of each requirement is presented in Table 7-2.

The loads to be used for compesite wing design are the existing DC-9 wing

loads. A complete set of these loads was compiled for the conceptual design

effort and is presented in Section 6.

Candidate Concepts — Structural concepts aré considered in three categofies:
general arrangements, component cc’méepts, and joints and ﬁt‘tingé.- General
arrangements are the locations of major components such as spars, ribs,
and inte rfacel structure. Componé-n_t concepts refer to the various forms of.
skin panel, spar, and rib constr'uction. The category of joints and fittings
includes panel and web Jo1nts and fittings required at structural mterfaces

and system attachment locatwns.
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TABLE 7-2.
CERTIFICATION GUIDELINES FOR CiVIL COMPOSITE WING AIRCRAFT STRUCTURES

s MATERIAL ALLOWABLES — FAR 25.603, 25.613 AND 25.615

o PROOF OF STRUCTURE — STATIC — FAR 25.305 AND 25.307(a}

s PROOF OF STRUCTURE — FATIGUE/DAMAGE TOLERANCE — FAR 25,571 {PROPOSED NEW AND APPENDI X}

o CRASHWORTHINESS — FAR 25.561, 25,721, 25.801(b} {a), AND 26.963(d}
. & FLAMMABILITY ) —- FAR 25.863(b} (5!, 25.867, 25.1191 AND 25,1193

e LIGHTNING PROTECTION — FAR 26.581

e PROTECTION OF STRUCTURE — FAR 25.609

® QUALITY CONTROL — FAR21.143

e REPAIR . ) - FAR 121.367(a) AND FAR 43.13({a)

® FABRICATION METHODS —~ FAR 25.603 AND 25.605

Multirib construction has been selected as the gex-ie ral arrangement for the
composite wing box. Other arrangements, including multispar and truss- .
web, have been considered in previous studies which have verified the
multirib concept as the most efficient for most transport wing designs. Ii: |
is a proven concept and the one chosen for the conceptual design. This is-

a simple yet versatile approach, The arrangement satisfies all require-

ments without the use of intersecting internal spars and ribs. This rib

orientation permits efficient use of both skin-stringer and sa»nd-wich skin
panels. The coinpoéi-tes will be applied to this conzept by direct substitution
of composite components for metal ones in the same locatiens. The composite
components will not be identical configurations, but will be de signed'to utilize

the advantages of composite materials most efficiently.

Candidate component concepts, joints, and fittings to be included in the
design synthesis are presented in Figure 7-4. Skin panel and web concepts
include skin stringer, corrugation, grid-stiffened, and sandwich coenfigurations

that have demonstrated efficient application to compoesite designs in previous

efforts. Investigations to date have tended to indicate blade-stiffened panels

as the most cost- and weight-effective in this application because of the
required stiffness constraints. However, these studies have been pr'eli'mi_.né.ry.
All concepts presented will be considered candidates until eliminated by a
more thorough investigation, Candidate joints and fittings are the standard

ones generally considered for cc’mipo_site applications. These include
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mechanical attachment either alone or in combination with secondary bonding,
cocured titanium fittings, and integral compesite fittings, FEach will be

evaluated for specific applications as required during design.

Structural Optimization — Structural optimization is the initial concept
evaluation effort. It serves a twofold purpose. The first is to narrow the
field of candidate component concepts to a manageable number for design
development. The second is to provide preliminary structural sizing and
weight estimates for remaining concepts. The optimization process entails
determining the sectional geometry and element sizes which result in the
least weight for each candidate. The relative weights of the candidates are
then compared and those demonstrating a high degree of structural efficiency
without indicating a potential for excessively high cost or risk are retained

for further study.

Optimum design studies have been conducted for DC-9 composite wing skin
panels during previous in-house programs. The studies were limited to
skin-stringer panels and were used for the conceptual design. These studies
are applicable to this development program and will be reviewed for

completeness and updated and extended as required.

Lightning Protection Features — The nonconductive nature of graphite
composite structures relative to aluminum results in potential hazards which
require special design considerations. The graphite composite structure
design approach will be examined. The associated electrical and instrumenta-
tion wiring components will also be reviewed. Critical structure fuel tank
and wiring cornponents vulnerable to the adverse lightning and static
electricity effects, due to the use of graphite composite structures, will be
identified. The lightning and static electricity protection requirements will

then be determined.

A tradeoff study will be made to determine the optimum lightning and static
electricity protection techniques which will satisfy the design requirements.
The study criteria include protection effectiveness, weight, cost, manufac-

turing ease, and maintainability.

Design Layout — The design layout effort will serve twe basic functions,

First, it will be used to set geometric constraints on the candidate concepts
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for optimization studies. Second, it will be used to determine how these
concepts can be incorporated into 2n integrated wing box design and what

the penalties will be.

Preliminary layouts of the structural candidates will be generated in enough
detail to determine limitations on element size and spacing for optimization
studies. These will include advanced design of joints between skin panels,
spars, and ribs, rough layouts of interfacing systems, and laminate patterns
in areas of low leading, Particular emphasis will be placed on the fuel
system requirements which may affect the stringer spacing on skin-stringer
type panels, The limitations required by manufacturing and service consider-

ations will be defined and incorporated.

Advanced design layouts of those concepts selected as a result of the optimi-
zation studies will be developed. These layouts will define the major struc-
tural and manufacturing aspects of concepts integration into a complete wing
box structure. This effort will proceed along the same lines as described

for the conceptual design. Layouts will be made of majoer structural members
and typical substructurs, joints, and interface structure, as shown in

Figure 7-5. The basic sections of the skin panels and spar webs will be
designed at a number of stations aleng the wing span to determine how they
can be tapered for minimum weight. Typical panel-to-spar and panel-to-rib

WING/FUS ATT/ACH
SWEEPBREAK

FUEL TANK smewm.l.—'\ /‘Q,WING JOINT

INTERMEDIATE RIB

AT
| BAFFLE ff'f-’-i‘f(' Az
FRONT SPAR A :
WING PANEL : I
ACCESS DOOR T O NG
. ADNOQLTR MAIN LANDING
SLAT TRACK - ANFZ GEAR SUPPORT

FLAP SUPPORT

- REAR SPAR
AlILcRON SUPPORT

OQUTBOARD FUEL
TANK BULKHEAD

FIGURE 7-6. PRELIMINARY DESIGN LAYOUT SCOPE
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joints will be laid out, The internal substructure will be defined by prelimi-
nary layouts of a typical support rib, one fuel baffle, and the outboard tank
bulkhead. Interface supporting ribs and fittings will be designed at the wing
centerline joint, the wing-to-fuselage attachment, the landing gear support,
one flap support, one aileron support, and one slat track support and

penetration,

Advanced design layout of this scope will adequately define each candidate

to the degree required for trade study evaluation and determination of develop-
ment test requirements and specimen design., The layouts will be continually
updated as more complete strength analyses refine component sizing, and
manufacturing, and maintenance, and test data indicate required design
changes. The changing layouts will be continually reevaluated in trade studies

as the design is synthesized.

Trade Studies — The trade studies will be the second evaluation effort after
structural optimization. These studies will compare the candidate concepts
as defined by design layout in terms of weight, cost, and risk, The result

is the selection of the concept designated for detail design and fabrication.

Initial trade studies will narrow the field of candidates down to a number
that can reasonably be carried thoroughly through the development and test
efforts while permitting the program to remain within budget. The general
arrangement concepts will be limited to one, that of multiweb construction,
It is intended that skin panel, spar web, and rib candidates be narrowed
down to two or possibly three by initial trades, It is doubtful that any of

the joint or fitting concepts included in Figure 7-4 will be eliminated without

the benefit of manufacturing and test data.

The trade studies will keep abreast of all development efforts. As the layouts
are revised by application and analysis of new data, the trade studies will
be updated. Candidates will be eliminated as deficiencies are established
until one concept is clearly established as the most efficient, considering

all areas of design, fabrication, maintenance, and repair.
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Structural Analysis — The structural analysis effort entails methods develop-
ment and structural sizing, The approach includes theoretical analysis and
the definition of develr »meat test plan requirements and interpretation of

results,

Plate and shell analysis methods are used in the design -synthesis phise.
This is primarily a preliminary design and evaluation effort. Composite
structural analysis is based on orthotropic analysis techniques which have
been developed at Douglas during the past few years on both in-house and
contracted programs. Both design charts and computer programs are
available for compesite structural amalysis, but the computer programs are
the rnust versatile and generally provide the most complete analysis. Pro-
grams which can be used to optimize and analyze basic components are
presented in Table 7-3, Programs available for analysis of the types of

joints and fittings applicable to wing box design are presented in Table 7-4.

Blank boxes in Tables 7-3 and 7-4 indicate that no computer program (or
design chart) is available at this time for the specified structure and loading
conditian. The analytical approach to development of missing programs is
known. Only time and effort are required to complete all those required

for wing box structural analysis,

The strength of skin panels, spars, and ribs under basic wing bending, shear,
and‘ torque will be considered in the structural eptimization. Additional
strength analysis of these components will include eritical combinations of
loadings as well as internal fuel pressure. All modes of failure will be
investigated, including stability and fracture resulting from critical combina-

tions of tension, compression, and shear,

Special attentien will be given to joints, fittings, and supporting structure.
Analysis of strength of mechanical attachments and local areas in the
vicinity of fittings will require analysis of stress distribution, theoretical
strength prediction, and interpretation of data as they become available from

development tests.
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TABLE 7-3

AVAILABLE COMPUTER PROGRAMS
BASIC COMPONENTS

LOADING CONDITION

'APPLICATION

AXIAL SHEAR | NORMAL
TYPE CONFIGURATION SPAR VAL
SKIN AND . o ) PRESSURE
PANEL | RIB —) b J r _ _
WEBS ] B2 * ,g !, i,
FLal —u——-—-—- ‘:gg ' FSB Ps|
BLADE 'l . Iﬂ X X 8sc BSC i)
T Il B X x Jsc JSC (1)
J ' ! ] x | x JSC Jsc (M
SKIN- | = —
STRINGER - :
HAT \ / X x HSC HSC {1
HAT W7 U X X
HC ==y : x
‘BLADE : l
e BUNVEANEDAUGARTRNEIR) ] «
SKN STR _
SINE ; ' .
WAVE __/v X NA
CORRUGATION
‘BEAD X NA
pe-gpo X wse WscC
__GRID
STIFFENED |, ,c0 X x
'ISOGRID 3 X
HC SPSB SPSB
CORE X x spce SPCB
SANDWICH -
FOAM SPSE SPSB
CORE X X SPCB SPCB

11 PROGRAM FOR SIMPLY SUPPORTED CASE ONLY

NA NOT APPLICABLE
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TABLE 7-4
AVAILABLE COYMPUTER PROGRAMS -
JOINTS AND FITTINGS

goAmNG CONDITION

{1} PANEL | SHEAR

'INTEGRAL ' DBLJT
BOND SCARF

" TYRE - CONFIGURATION

JOINTS s
| S
- I MECHANICAL = - (2)
ATTACH sl . C6SY-1
‘BONDED DBLJT
T SCARF
‘ BOLTED
FITTINGS | B9 CeSY.2
COCURED == ; DBLIT
. COMPOSITE __ : SCARF
(1) FOR DOUBLE LAP, SCARFED, AND SUPPORTED SINGLE-LAP >

JOINTS
{2} FOR PSEUDOQ ISOTROPIC LAMINATE JOINTS ONLY

Structural analysis of compoenents, joints, fittings, and assemblies will
include assessment of damage tolerance, durability, and repair procedures.

These analyses will be largely based on interpretation of test data.

Structural analysis results will be applied to the design layouts in the form

of refinements to structural sizing.

Detail Design

The final design of the ground and flight test articles will be accomplished

in Phase Ii. Thei design of the concept selected as most efficient in the
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preliminary design phase will be finalized. Each component of the structure
must be designed in detail and analyzed for all critical loading conditiens.
All asﬁe'ects of the structure will be considered. Structural concepts deter-
mined as the best approaches and designed for reprezsentative applications
during preliminary design will be designed in detail for all applicatiens.
Design layouts will be made to include all major compoenents, jeinﬁs, inter-
face structure, and system provisions. Detail drawings will be made to
permit fabrication of verification test speci-rﬁens and complete wing box

structure. Verification test requirements will be defined.

Design Layouts — The final detail design layout effort will consist of

updating and extending the preliminary layout of the concept selected for
detail design in the preliminary design phase. The layouts will define com-
ponent geemetry including planform and element spacing as well as' element
sizes. The sizes of compésite elements such as skins and stiffeners will

be defined by a number of pli_eé and orientation of each as well as dimensions.
Provisions for cutouts, integral stiffening, joints, and any other siaec’:ia.l
features will be defined by detail layout of laminate patterhs in each area
invelved. The sizing will be based on detail structural analysis and manufac-

turing cost considerations.

Detail Drawings — Detail drawings will be made of the designs defined by
layout, Prototype drawing of structural components, assemblies, and
installatiors will be.méde in the detail required for fabrication of test
specimens and full-size wing bex structural assemblies, The drawings
will take a form similar to drawings of metal parts with definitions added

on the number of plies, their orientation, and location,

Structural Analysis — Strength analysis of final detail composite design will
be based on finite-element analysis. Internal loads included in skin panels,
spar webs, and ribs as well as local stress distribution in areas of high
concentrated loads such as wing-to-fuselage joint and landing gear support
will be calculated by in-house computer programs. Computer graphics are
used to assist input and output while finite-element programs generate
internal loads, Initial S'tructural‘mod'eling will be done with the Douglas
Computer Graphics Structural Analysis (CGSM} program which interfaces
directly with both NASTRAN and Computer-Aided Structur al Désign {CASD),
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a Douglas program. Either of these programs can be used to generate
finite-element analysis. The output is presented graphically as internal
loads superimposed on the structural model. A hard copy of the output

can be obtained by a Gerber plot.

The analysis of the strength of the structural members under the influence of
these internal loads as well as damage tolerance and durability analysis is
performed in the same way as the preliminary structural analysis. Assess-
ment of crashwoerthiness provisions will be included and will entail

theoretical analysis and interpretation of test results.

Lightning and Static Electricity Protection — The overall design will be
determined for protection of the composite wing from lightning and static
electricity., The manufacturing and processing methods for incorporating

the protection techniques will be established.

The existing electrical subsystems and the associated wiring installations
will be retained in the composite wing design. Additional bonding, ground-

ing, and transient suppression/filter devices will be incorporated as reqguired,

Weight Analysis — The total weight of the composite component will be ‘esti-
mated. All weights will be updated to incorporate revisions as they are
released., Reports will be published comparing the composite design to the
metal design at the lowest practicable level of detail. A target weight for
the composite component will be established. The current weight of the
compenent will be menitored continucusly and solutions t6 any overweight
problems will be discussed with the designers and management. Fabricated
parts of the composite wing component will be weighed. The calculated
weights will be compared with actual Wéights and any discrepancies will be

reconciled.

Sustaining Engineering

Engineering design and analysis support will be provided throughout the
prOgram. Design changes and rework drawings will be provided as required
during the Phase IIl manufacturing effort. Ground test requirements for

the composite \mng box will be defined and suppert provided for setup,

design, and construction of tests during Phase IV. The tests will be
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monitored and results interpretéd. Modification drawings will be prepared
in Phase V to permit the adaptation of the compesite wing box te a DC-9

flight article, Aircraft ground vibration test and flight tests will be defined,
monitored, and results evaluated. The Phase VI in-service flight program

will be defined and reviewed at des'gnated periods.

FAA Certification

A comprehensive FAA certification plan will be prepared in Phase I. Results
of design parameters analysis and test data will be compiled in reports
designated by the plan as they become available and submitted for FAA
approval. These reports will include design criteria, external loads, and
material properties compiled in Phase 1; internal loads, stress analysis,
fatigue/damage tolerance analysis, and component verification test results

of Phase II; ground tests eof Phase IV; and flight tests of Phase V.

MATERIALS AND PROCESS PLAN

The Materials and Producibility Enginee ring‘ department will support the
Engineering Design section during the preliminary design (Phase I) and detail
design (Phase II). This support will include the selection of materials, the
environmental conditions, and the assessment of the manufacturing ease or

producibility ef the design.

The material sysiems to be used for the wing structure will be selected at
the time of the actuwal pregram. The materials sele.~ted will have proven
handling and processing characteristics and acceptable mechanical and
environmental properties, resistance to microbiocloegical contamination of

fuel, and impact toughness,

Design data specimens will be fabricated, conditioned, and tested as prescribed
by Structural Engineering, using manufacturing technigues proposed for
fabrication of the large wing structure (time, temperature, pressure, and

methods).
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Phase 1

Technology development by Materials and Preducibility Engineering is
recommended in Phase I for two disciplines — nondestructive testing and
long-term contaminated fuel envirenment — as discussed in the following

text.
Nondestructive Testing

Resin Content Measurement — Ultrasonic velocity variations and neutron
gauging techniques appear as viable methods for quantitatively measuring
resin content in graphite/epoxy composite structures. Panels containing
variations in rés-‘in content will be fabricated, analyzed for resin content
by nondestructive testing techniques, and checked for resin content by
chemical digestion as reference. The panels will be cut and tested for
flexural strength and short beam shear strength to verify their mechanical
quality. An analysis will be cenducted to correlate the relationships for

nondestructive testing to measure and establish the laminate resin content. D

Void Content Measurement — Ultrasonic attenuation appears to be a viable
method of quantitatively measuring void centent. Studies will be made on
typical thickness graphite/epoxy composite laminate specimens to determine
the optimum ultrasonic test frequency, test methods (e.g., pulse-echo or
t’hreu_-gh.—tr_ansmissin), and search-uahit size. Various void content
reference standards will be fabricated and tested to arrive at a relationship
between void content and ultrasenic attenwation. All specimens will be
mechanically tested to establish the relationship between void content and

strength.

In-Service Aging and Environmental Effects — Boeing is working on a program
to determine the environmental effects on graphite/epoxy composite structures.
However, no nondestructive testing method of evaluation was included in this
program; only mechanical tests are performed periodically. If graphite/ ;
‘epoxy compeosite structures are to be used on primary structure for commer-
cial aircraft, nondestructive testing methods will be reqguired to determine
the degradation of the structure as related to strength and fatigue life,
Devel&opmént' of a quick, low-cost, and reliable nondestructive te sting
technique to determine a change in structural characteristics will be a goal of
this program,
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Fire Damage — Aircraft structure, especially wing structure, is subject to
fire damage in the area of the wheel well. The significance of fire damage
must be determined. Nondestructive testing methods will be evaluated to
determine if they can relate the fire damage to loss in physical properties

of fatigue life. Similar relationships have been established between eddy-
current conductivity, hardness, and loss in yield or ultimate strength.

This program will consist of fabrication of composite panels, nondestructive
testing centrol tests, expesure to controlled fire environment, determination
of extent of damage area by nondestructive testing, and final testing for

retained mechanical strength properties.

Effects of Defects Determination — A relationship will be established

between the frequency/severity of defects, such as interply por-osity;
delami-nations, voids, and resin and veid (porosity) centent, and the strength
and durability of the graphite/epoxy composite structure for the wing program.
Specimens of flat configuration and later specimens of wing structure config-
uration will be fabricated with various defects intentionally included. These
defects will be located and measured by nondestructive testing metheds. The
specimens will be fatigue-tested and flaw growth will be monitored as a
function of applied load cycles. The objective is to establish nondestructive
testing standards for the size and location of the critical defects that have

a significant effect on the durability of a composite wing structure.
Long-Term Fuel Environment

The resistance of composite materials to a long-term contaminated fuel
environment must be proven. Graphite /epoxy composite specimens, both
uncoated and coated, will be fabricated with polyurethane fuel tank coating
(MIL-C-27225) and immersed in a kerosene fuel/mineral salt water environ-
ment for 6 months to a year. These tests will immerse specimens in a
sterile kerosene/mineral salt contrel, using test meadia inoculated with
microbial-contaminated fuel with and without fuel biocides added periodically,
and running other tests where selected organic acids are added., At the end
of the exposure period the specimens will be examined visually and micro-
scopically; weight, volume, and electrical resi.tance changes measured;
and the specimens then tested for changes in mechanical properties (flexural

strength and modulus and horizontal shear).
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. Phases Il and III

A materials specification will be prepared in Phase II to identify the basic
material handling, physical, and compesite laminate structural material
properties. The specification will document purchasing instructions,

quality control test procedures for inceming material, and acceptance
requirements, storage conditions, and requalification procedures for material

B-stage and cured laminate.

A processing standard will be prepared that will prescribe the materials and
the detailed, step-by-step manufacturing process for the wing structure.
The processing standard will include direction for quality assurance provisions

and acceptance/rejection requiremenrts and procedures.

A nondestructive test specification will be prepared to prescribe the detail
nondestructive testing methods and acceptance criteria to be used for the

wing structure.

Materials and Producibility Engineering will assist and support Manufacturing
during fabrication of the Phase II subcomponents arnd Phase III wing struc-
ture sections, Their efferts will include surveillance of manufacturing
operations, procedural techniques, quality centrol and inspection records,

and participation in any rework that may be necessary.
MANUFACTURING PLAN

The prospective manufacturing problems associated with preducing a com-
pesite wing, as discussed in the technology assessment, are based upon the
experience we have gained so far. In any major program which extends
techhical capabilities, more guestiens a.fise during the development effort
than were anticipated. A study program can only‘dfis cuss the predictable
problems and propese paths for solutions. An innovative program that
extends the limits of existing technology requires more development to
support the advanced work. Our concepts for producing compesite wings
for a production line are intended to eventnally make the cost of a composite
wing equal' to or less than the cost of an aluminum wing. The scope of a

wing program should not be limited te satisfying the immedidte need for
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producing one part, but rather to open up the potential applications of

composites so that the full advantages of integrally cured products can be

realized.

Phase I— Technology Development

In erder to determine the manufacturing cests, identify the technical groblems,

and select the most feasible method of molding a full-scale wing, subscale
tests must be conducted to supply data. This is a basic requirement if any
degree of integral curing will be propsed for the flight articles. Even for

a less sophisticated appreach, with mechanically joined components, build-
ing a series of subscale boxes will generate experience and reliability in less
elapsed time and with a lower risk of loss than would be the case with a 'f.-ull

wing section,

Through a series of increasingly sophisticated manufacturing trials on graph-
ite ‘wing box sections, alternatives can be evaluated with reliable, realistic

data,

It is recommended that a subscale box approximately 8.5 meters (28 feet)
long and 1.5 meters (5 feet) wide be constructed as a test case for comparing
various manufacturing procedures, Figure 7-6., This box will fit into our
existing autoclave, and represents a half-sized version of a DC-9 wing. The
box is large enough te demonstrate and explore the manufacturing details,

but not so massive as to require special facilities.

The cheice of toeling design, materials, and fabrication methods must be
explored to select a combination that will maintain dimensional control of
the part, not introduce coeldown stresses on the cured part, avoid expensive
machining processes, minimize thermal expansion mismatch, be easy to

handle, and be cost-effective.

Figure 7-7 represents a tool structure used on the PABST program for large,

metal-bonded, curved panels. An egg-crate substructure was fitted with
adjustable stud attachments which permitted a lofted surface to be rough-
formed and set to proper contour by locally adjusting the height of studs

supporting the surface, Typically, the lofted surface was aluminum.
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For molding graphite compesite wings, a caul sheet of titanium placed on the
aluminwn will reduce the thermal mismatch, The subscale test box will be
fabricated using a similar tool to verify the accuracy of the final part to the
drawing. It will also enable tooling corrections to be made to compeénsate

for thermal effects,

The final choice of a fabrication method for the full-scale composite box will
depehd upon the rhost econoinical and reliable method demonstrated on the

subscale box.

Three methods of construction are proposed for evaluation:
1. Conventiohal-Bolted

Stiffened skiris are mechahically joined to individual front and rear spars
and ribs are secured te spars with fasteners (Figure 7-8). This repre-
sents the cenventional approach to wing construction, No significant
advances in integral curing technology will be obtained by this approach;

however, it is lowest risk in terms of potential material loss.

2. Egg-Crate

The egg-crate approach, where front and rear spars and ribs are cocured
(Figure 7-9). Stiffened skins are separately cured, then fastened to the
egg-crate substructure. Several meolding concepts can be used to cure

the spar/rib structure such as inflatable mandrels or trapped rubber.

3, Integrally Cured

An integrally cured box uses a combination of inflatable miandrels and
trapped rubber similar to the box developed in a Company- s'-pdnsored
program (Figure 7-10). This concept represents the most radical
approach with the greatest chance for cost rediction and alse the greatest

risk.

Each of these methods will be carefully monitored {for toeling and manufactur-
ing cost data to permit valid comparisons to be made of the process en an

economic basis.

An assessment of each assembly method was 11ade for the risk of failure
during the cure cycle. Table 7-5 compares each method, showing the

corresponding molding process and the manufacturing risk expected.
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TABLE 7-6
RISK ASSESSMENT

ASSEMBLY : IR
METHOD | MOLDING PROCESS MANUFACTURING RISK
CONVENTIONAL AUTOCLAVE RELATIVELY LOW —
CURRENT TECHNOLOGY
. - et S OHERATE —
EGG-CRATE | TRATFED RUBBER | UNIFORM PRESSURE CONTROL
DETAIL LOCATION
OR OVEN BAG FAILURE
HIGH —
INTEGRALLY INFLATABLE \ ELE
CURED- MANDRELS AND T T
AUTOCLAVE AUTOCLAVE FAILURE

[IUR TN

The conventional assembly method, using standard autoclave cure, is the
baseline appreach., As part sizes increase to span lengths of 15,25 meters
(50 feet), some additional risk is introduced because of the increased
possibility of vacuum bag failure. The main drawback of the conventional
method is the lack of integral construction with this process. All substruc-
tural cornponents, spars, and ribs are individually cured and assembled with

mechanical fasteners.

By using the cocured substructure approach (egg-crate) in combination with
separately cured stiffened skins, the spars and ribs can be produced without
need for fasteners., Further, the fit-up of ribs to the spars will automatically
be a net fit, This eliminates the requiremment for liguid shimming and tedious
inspection efforts to verify gap tolerance. It also reduces the potential fuel

leak paths around fasteners by eliminatingy bundreds of fasteners.

The risk associated with the 2gg-crate method is judged to be moderate
because of the requirement to hold the part location, the need for uniform
pressure, and the possibility of bag failure if the autoclave is used for

final cure. A method for reducing the risk is to avoid the autoclave by using
the trapped rubber process, Figure 7-11 shows a method of curing with
rubberfaced inserts that fit between each rib. An isometric view of this
concept is presented in Figure 7-12. The silicone rubber expands to cure

the ribs and spars together.
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FIGURE 7-12. MEDIUM-RISK CONCEPT

The assembly is cured in an oven without external pressure. Tooling can be
fabricated from aluminum to increase thermal conductivity and reduce heat-

ing time.

The most innevative concept for molding composite wings is to integrally

cure the stiffencd skins, spars, and possibly the ribs in one cure cycle.

This approach would drastically recduce the work now required to assemble

the wing by eliminating most of the mechanical attachments. The drilling,
countersinking, fastener installation, inspection, record-keeping, and fit-up
problems that are tvpical for metal wings would be reduced, with a correspond-

ing reduction in manufacturing costs.
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Douglas has demonstrated tha% small wing box sections can be fabricated by
the use of inflatable mandrels and trapped rubber. However, scale-up from
a 2-meter {7-foot) box to a full-sized 15-meter (50-fcot) wing represents a
very substantial increase in complexity and risk of loss during cure with
today's manufacturing technology. In order to improve the reliability of the
process and decrease the risk, development work must be continued toward
perfecting the construction and longevity of inflatable mandreis. Monolithic
curing of the full wing semispan posas teo great a risk at the present, but
it is conceivable that such 2 manufacturing approach may become feasible

in the future.

Phase I — Production Readiness

A variety of composite specimens and test parts will be fabricated to verify
design and to provide data on strength, joint characteristics, fasteners, etc,
The manufacturing composites center will produce these specimens and

parts as required. Autoclave facilities, machining equipment, and technicians
familiar with graphite/epoxy laminates will be assigned to this area. In
addition, specialized tooling support from manufacturing research engineers
will expedite test parts on a guick-response basis without the need for

formal tool designs. Other parts will be fabricated beyond those required

for the test program if needed to verify manufacturing methods and processes,

Where feasible, large test parts can be used for verification of the fabrica-
tion processes where planning papers, procedures, and quality assurance
methods can be demonstrated. The usual problem areas that arise in
support of building first article parts can be resolved early to reduce the

impact on the full-scale composite wing bex,

Phase III — Manufacturing

Phase 1II covers the technology, processes, and other tasks reguired tc
produce graphite/epoxy composite full-scale wing structures for commercial

aircraft.

In Phase III, Manufacturing will produce three full-scale, left-hand DC-9

wing Loxes and one majer subcempeneat for laboratory te st. Advanced
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techniques in composite application will be utilized, along with internally

applied pressure curing techniques.

The program will be directed toward techniques for rapid and repetitive layup
of composite preimpregnated materials. Extensive utilization of automated

and memory-controlled tooling is planned for tape and broad goeds,

Facilities will be provided for the composite wing production, including
receiving, layup, cold storage, curing inspection, trimming, and subassembly.
Fabrication will proceed as though in a production mode with all associated
planning documentation, preef of compliance with drawings, personnel train-

ing and certification, inspection criteria, and facility development.

Major emphasis will be placed on curing large assemblies as integrated units
made up of skins and associated structural support eslements. Assembly of ‘
major composite elements will require minimal mechanical fastening while
maximizing the new technelogy and structural integrity of composite integrated

assemblies.

Manufacturing Approach — The DC-9 composite wing is to be produced as a
four-element assembly. The skins will be formed with integral stiffening
blades; ribs will be individual parts mechanically fastened to the skin
structure; and spars will be fabricated separately and mechanically attached

to the skin closeout structure. This approach is compatible with the conceptual

design defined earlier,

Manufacture of the composite wing is to be undertaken on an individual basis;
however, the methods of manufacture will be oriented toward large produc-

tion runs typical of commercial manufacturing operations.

Composite structures will be preduced utilizing manufacturing technology
obtained from the DC-10 upper aft rudder and the DC-10 vertical stabilizer

programs,

Production and manufacturing cost-estimating systems and records will be
used to generate cests for toeling, eorﬁposites, fabrication, assembly, and

metal components,
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Planning will utilize a low-cost, one-of-a-kind producibility approach fer
hardware generation, but will provide data for subsequent input to produc-

tion costs.

The planning control center will be responsible for releasing documents to
the manufactvring R&D center, quick-recsponse tooling aids, and machine

shops.

Release planning will utilize éxisting DC-9 document control procedures.
Fabrication orders will be processed through production control for work

assignment and status with respect to the schedule.

Large skin tools will be rolled from metal, with final contours N/C
mnachined. The surface will be supported on aluminum egg-crate supports
with stud-welded attachments. Titanium caul sheets will be used to mini-
mize thermal expansion mismatch hetween the graphite skins and the toel
surface. Forming toels will be designed for even and autoclave usage with
provisiens for bagging, sensor application, and é temperature rise capa-
bility of 2. _ZSOC per minute (40F per minute), whéther externally applied

or boosted through use of cal-rod heating elements buried in tool components.

Assembly tooling will be for a limited production run, but of the type that
can be converted to leng-run, permanent tools, Master tools will be con-
fined to existing tooling for provision of hingeline and contours and for

overall dimensioning of the wing box. No new tools are anticipated.

Tools will be designed to compensate for thermal expansion during the

curing cycles.

Assembly Plans — The detail parts and large stiffened skins will be fabri-
cated in the composite manufacturing facility shown in Figure 7-13. This
area is dedicated to preparation, layup, and curing of ¢omposite aircrait
parts. Metal details such as the titanium doubler and aluminum bulkheads
will be fabricated in the normal production shops. Other parts and assem-
blies common to cenventional DC-9 aircraft wings will be available through

normal production contrel groups.

Parts and assemblies will be sent to the compesite center for final assembly

and acceptance of completed wing box units. Subassemblies will be joined
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FIGYRE 7-13. COMPOSITE WING DEVELOPMENT FACILITY

by fasteners in a manner similar te normal production methods.

Fabrication Plans — Specially fabricated metallic details will be required in
three areas: titanium landing gear fitting cocured to the win'g skins (upper
and lower), aluminum bulkheads attaching upper and lower titanium landing

gear webs, and aluminum splice plates at the wing centeriine area.

Titanium doublers are designed to straight-taper in three directions and may
therefore be machined from 18-cefntimeter (7-inch) plate stock and, by design,
will require numerically controlled fabrication. Use of forgings for initial
stock requirement is being considered. Splice plates will be straight-tapered

stock, with no unusual machine work anticipated.

Of the 22 ribs, 21 will be composite layups with edge-reinforced lightening
holes for access during assembly. Attachment to intercostals will be by

belt-type fasteners.

Leading and trailing edge spars will be basically flat layups (with aerodynamic
break) stiffened vertically by molded, blade-type stiffeners in parallel rows.

Spars will run uninterrupted from the centerline of the aircraft to the wing tip.

Along the front spar at each lecation, a composite cup-shaped part will be

bonded for clearance of the slat guide fitting in the fully retracted position.
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The cup will afford fully encapsulated coverage of the aft end of the slat

mechanism,

Localized material buildups will be incorporated during the ;ea‘r spar layup
for flaps, spoilers, and hinges, The design of the spar and buildups will

accommecdate existing components,

The wing upper surface will contain openings for six access holes. Three
outboard holes, oval in shape, will be inte rchangeéble, and three inboard
holes of larger size will be interchangeable. On the lower surface, 10

access heles in the midwing area will also be interchangeable with each other.

Numerous fuel probe locations will require small, configured access covers.

" Fabrication Outline — Each integrally cured section will be fabricated

individually on special tooling with provision for contours. The curvature
of the upper and lower skins differs; additionally, a controlied ammount of
twist is designed into the wing to compensate for torsional deflection of the

wing from flight loads.

The width of the wing box varies from 2.75 meters (9 feet) at the fuselage to
0.9 meter (3 feet) at the tip, Broad goeds currently available in widths of
122 or 152 centimeters (48 or 60 inches) will be purchased preimpregnated
with a B-staged resin system (5208}). The material will be spooled so that a
full semispan length [18 meters {60 feet)] can be placed upon a skin tool in
one continuous ply., Preplied graphite /epoxy is presently available from
companies such as Hercules in +45-degree, 0-degree, and 90-degree orien-
tations, Where convenient, the ply orientation for the skin will be preplied

by the supplier to facilitate fast, easy layup on a tool,

By pulling the material lengthwise along the tool, only a simple cutoff epera-
tion is required to rapidly build up section thickness. The use of preplied
materials precludes the use of many individual Mylar templates which is a

time-consuming procéss both for layup and for verification by inspection,

Once the skin has been applied to the tool, mardrels wrapped with channe)
shaped 'gré,phite sections will be placed on the skin, Between each channel,

lengitudinal O-degree preplied strips will be placed to provide the bending
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resistance for the blades. Each of these layups will be built up to form the
blades over the skin (Figure 7-14). The channels will be stacked up from
one edge of the skin to the other edge. A total of 12 blade stiffeners per skin

was included in our conceptual design.

PREPREG G/E

SKIN TRIM PLM LAYUP

<<=

MANDREL _
45° WOVEN FORM
/ CHANNELS
0° BLADES ~7 7
DENSIFY / 'MANDREL ;

Y —— e o
o> 0
l---a

4
45°

AGEN-ZINS

FIGURE 7-14. WING SKIN LAYUP

Retween each blade stiffener, running fore and aft, are 22 intercostals that
act as tie-in points rib clips. The intercostals will be back-to-back angles
in cross section that cure as inverted tees (Figure 7-15), Aluminum blocks
faced with silicone rubber approximately 1,25 cm (1/2 inch) thick will serve
as molding forms for the intercostals, The intercostals will be applied to

the ends of the blocks as an angle in cross section, FEach block will be placed
between the blade channels and the block will be aligned and anchored so as

to maintain dimensional accuracy and precise location of the graphite com-

ponents during cure. Either longitudinal metal members will align the blocks

or a cover plate with alignment lugs will correctly position each bleck

(Figure 7-16), As heat for the curing cycle elevates the rubber facing temper-
ature, expéné;ion oi the rubber will provide horizontal pfessure that molds the
blades and intercostal simultaneously, Pressure to cure the skin is derived

from the auteclave.
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After all the blocks are lockéd in position, the complete tool and graphite

layup will be vacuum bagged with a silicone rubber blanket and cured in the

autoclave at 0.69 MPa (100 psig). The tirfmne-temperature cycle will be estab-
lished by Materials and Process Engineering, Thermocouples imbedded in
the thermal lagging areas of the part will be monitored on a permanent

record to document the cure cycle.

During the manufacturing and tooling development, it may be indicated that
supplementary heaters are necessary to improve the heating rates of the blade
mandrels, Such heaters could readily be incorporated at multiple locations in
the metal mandrels and wired to automatic microprocessor controls similar

to the method on the DC-10 upper aft rudder program,

The conceptual design empleoyed separate chordwise ribs of varying cross
sections with lightening holes and integral stiffeners. Because of the generally
flat shape of the ribs, a heated press would be a logical method for curing

these parts,

Part layup could be accomplished with automated equipment, with the localized
hole stiffeners manually added to the laminate. Integral stiffeners cured with
the ribs can be molded by using silicone rubber pads faced with aluminum at
the stiffener contact face. Horizontal pressure is produced by th'ez‘-if;;la-l
expansion of the rubber reacting against the molding tool botfndérjles.

Figure 7-17 presents a schematic of a simplified molding &rrangement.

The front and rear spars are flat, shear-resistant webs with vertical stiffen-
ing elements added after cure. The cross-sectional thickness of the spars
changes with length, which lends itself to simple layup on a flat tool surface.
Buildups for attachment points will be added to locally increase the spar

thickness., An auteclave will be used to cure the spars.

Manufacturing will receive prepreg material (ta'pe and broad goeds) ready for
use, Prepreg rolls are stored at -18°C (0°F) until required for actual layup

operations,
Table 7-6 outlines the fabrication sequence for the wing elements,

Mylar templates can be used with waterjet cutting equipment to rapidly trim

plies to required profiles, Multiple stacks of graphite/epoxy prepreg have
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been cut with a water jet at Douglas, The effect of water on the prepreg has
been evaluated by Materials and Process Engineering, and it is not considered

detrimental to part quality,

Material plies will be applied to the plastic laminating mold (PLM) with veri-
fication cf each ply position in the stacknp controelled by the fabrication orders
and Quality Assurance inspectors, Skins laid out on the PLM will then be put
on the titanium landing gear doubler and covered (after the final ply) with

mandrels for location blade stiffeners and intercostals.

— SILICONE
RUSBBER
PADS

|

CEnez1937

FIGURE 7-17. MOLDING RIBS

TABLE 7-6
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The PLM will be kept in a - 18°¢ (OOF) freezer when not being actively worked
- upon, thereby retaining the workability of the prepreg material. On comple-
tion of layup, the part and tool will be vacuum bagged and cured in the auto-

clave under heat and positive pressure.

Accese doors will be fabricated by hand layup and trimmed by router to

poertable trim teel dimensions,

Slat track cups will be laid up in an exterior mold with a silicone rubber

plug and cured in small quantities with the larger parts.

Spars will be long, narrow, flat layups applied te a PLM with the required
aerodynamic break. Mandrels will control stiffener shape and access hole
definition. Both forward and aft spars will be cured on the same substructurs
on side-by.side PLM tools,

Immediately following cure, composite parts will be trimmed by diamond saw,
track-mounted router, or tracer router tooling. Holes will be drilled to size

atilizing drill jigs and pertable drilling equipment,

During the final fabrication and assembly operations, coupons will be provided

from trimmed excess material for evaluation by Quality Assurance,

Assembly Outline — Final assembly will be accomplished in a vertical jig with
the wing oriented forward spar down, as shown in Figure 7-18, The upper
skin will be loaded first with ribs, the spars following. The final step will be
the application of the lower skin panel, slat track cups, centerline splice webs,

and access panel cover,

The completed box will be subjected to inspection and nondestructive evalua-~
tion, <Upon acceptance as a structurally sound unit, the rer-  ining assembly
operations will be performed, including leading and tré.-il-'mg‘ edge attachment;
installation of hinge fittings, slats, flaps, speoilers, cable runs, and fuel

components; and final painting.
A flow diagram of the assembly sequence is shown in Figure 7-19,

All operations will be controlled by assembly outline documentation and

tracked on 125A position control charts by Industrial Engineering personnel,
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Attachments through graphite /epoxy will be made through élearance'holes .
with titanium fasteners installed wet, The sealant acts to prevent fuel leak-

age and to minimize galvanic corrosion between the graphite and fastener.

On completion of the cure cycle, the assembly will be transferred to the trim
area for trimming of edges and mating surfaces by a diamond saw, Holes for
fastener installations will be located by a jig anr;l drilled following trim

operations.

Holes have been effectively drilled through gr_ap’hitev/ep,oxy lusing ""dagger"
drills of solid carbide at 2000 rpnd. These drills resemble s.pad'e drills with
special modifications of the cutting edge and a sharp included peint angle,
One of the advantages of this style of drill' is the minimum breakout on the
back of the graphite/epoxy and the elimination of re:aming' ber-:‘ause. of close -’
tolerance and good suxfface: finish as drilled. By aveiding the rearhi-ng'ope ra-

tien, both tooling and time are saved.

Composites may be drilled and trimmed dry; hbwgver, the tool life . is enhanced
by using liquid or spray coolants. The dust problem associated with composites

is reduced by the application of coolants. Whe re coolants cause ‘contamination

for secondary bonding, vacuum pickups can be used at the work site.

Tooling Plans — Skin and parts layup will be placéci on’'a .cOn_toured 'p‘l‘a.—s'tic,
laminating mold for curing operations, The contour will simulate lofted sur-
faces of the parts during cure, and will be .fnonilnfe;i on-an e‘gg-c:rate ?ype '
structure for rigidity. The sarface co.nto.ur of the skin PLM and sp;ar P‘LM
tools will be derived by roll.i—ﬁg or braking sheet aluminum to rough .éo-n-tour,
and final precision finishing surfaces by N/C _miliing to tha required shape

and contour,

Smaller PLM tools will allow fabrication of access doors and small parts
suitable for curing in available autoclaves other than the large, .wing-sized'

unit.

Aluminum machined mandrels covered with a uniform coating of silicone rubber
will be fabricated for molding interstices between stiffeners, intercostals, spar

‘buildups, and access panel openings., Mandrels will be N/C machined to con-
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tour with programmed allowances for coefficient of expans{on and rubber
encapsulation thickness. In areas with mandrels, cal-rod heaters will assist

in maintaining uniform distribution and proper temperature rise,

Mylar drawings produced by the Gerber plotter will provide direct full-size
patterns for prepreg layup, positioning, inspection, and placement on the
PLM. The same N/C data which produced the numerical control draft tools
will alse direct the water-jet trimming machine, Drafts will be produced
through the Computer-Aided Design 'I‘oolmg {CADT) process to keep 1ayout

time at a minimum cost,

Nondesigned tooling will be provided for drilling fastener locations, tr.immingl :
access openings, panel edges, slat hinge cups, and splice plate details, -
Normally, these will be flat sheet metal tools or fiberglass blanket-type toels :
with bEushed hole locations and steel trim bar edg.s refe renced from master

tooling shapes and flat master layouts,

Hard master tooling for control of hinge line, contour source, and hinge loca-
tion will utilize existing master tooling now provided for the conventional

wing.

The wing will be held during final assembly utilizing a vertical (leading edge
down) assembly jig constructed to permit loading and fastening of bulkheads,
spars, and fasteners in one position. Movement of composite layups and
parts within the fabrication < reas will accomplished by the use of a variety

of rolling table and rack-type fixtures, designated as handling fixtures.,

Overhead rail-mounted cranes will move and position jigs, bulk mate rial rolls,

tools, parts, and assembled wing boxes.

Phase V — Composite Wing Box Flight Preparation

To prepare the composite wing for flight evaiuation, a DC-9 Series 32 air-
craft will be obtained and modified for installation of a composite wing box,
The existing left-hand wing, from the center wing splice cuatboard, willlbe
removed from the aircraft, The aluminum right-hand wing will remain in
place with splices incorporated at the cente rlinn jur;’ctiqh of bo‘th'halv'e_s. As
this is a wet wing, appropriate fuel éealing methods will be u'sed'-fé érevent .

leakage. Plumbing for fuel supply must be added to the composite wing box
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- faces, faxrmgs, anfd leadmg and trailing edges from the ex1st1ng metal wing -

s prduetmn‘;_z;-‘tems that wiil be installed by_produc—::t_wn personnel who,-h_ave

and integrated mto the ex1st1ng onboard systems. The left-hand cdntrol sur;" '

wxll be used. S1m{1ar1y, the hydraulic systems and landing gear are normal P

“become familiar with graphite /epoxy mate rials.

The manufacture of the lefi-hand composite wing box for flight develepment is.
charged to Phase V., The flight composite wing box will be manufactured in a
similar manner as the threz components produced in Phase 11 for laboratory
test. I | .

Some engineering modification drawings for met-alvagd composite parts are
anticipated to facilitate installation of the composite wing -'b'ox on an existing

DC-9-32. These special parts will be fabricated in accordance with existing

- procedures for metal parts and according to Phase m compoa1te precedures

for the composite parts. Since Phase III tas-ks will have been already accom-
pliched, the production of any special composite parts should provide ho '

particular problernhs.

TEST PLAN

_.. Figure 7-20 presents thé overall test p-ro'gram'a;nd‘t-‘as;k relationships from

design requirements for tests through aircraft FAA flight certification. -

Some technical develepment for test purposes is anticipated for this -pro-gr‘a-m '
as a result of the use of composite materials and compes1te des1gn and. produc-
tion techniques, Attachment of load apphcatmn fittings to an ae rodyna.mlc
surface fermed of composite material is an example of an itemn to be tested in
technical development. Load application to conventional metal aerodynamic
compenents (wings, stabilizers, etc,) is nbrrxﬁally ac;ﬁ-em[plis'-hed kv a=ttacih-i-ng-
load fittings to the structure for hydraulic jacks by removing normal produc-
tion fasteners — rivets, screw:s., .and bolts — and a--ttaeh'i;-n_g the fittings using -
fasteners in the vacated holes, Com.p'os'iute aerodyr&amie surfaces, h-ov&fe-véf,
will have a greatly reduced number of fasteners which can be re'nl'}-oved and used
for load fitting attachments Accordingly, it is anticipated that a certam
amount of test desngn émd de velopment will be req.mrpd to produce arcemtabln
fitting attachment methods which de not adversely or unreahstma}.ly affect t:he

specimen strength or fatigue life.
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Mate rial allowables and design verification tests will be performed to demon-
strate compliance with applicable requirements of Federal Aviation Regula-
tions, Part 25, and the current FAA Composite Structures Guidelines. . FAA
will inspect the test arti¢cles for design conformity, appro-{re the test plans

including lead conditions, witness the test, and apprave the final t'éét_ report, _' 1

Final reports of the test results and, as appropriate, their correlation with

the predicted values will be prepared.

De sign Developiment Tests

A design development program will bz conducted in Phase I to determine com-
pf;.-:-'s'ite material properties and structural component performance that are not
available in handbooks o6r other approved sources and to develop design con-
cepts that will meet strength, damage tolerance and fatigue, lightning strike,

and static electricity requirements,

The development test program will be determined considering the background
available for composite material from research, in-house composite programs,
other programs in indust¥y, and geovernment agencies. A representative dtruc-

tural development test program is presented in the following par-_._ag‘éi‘_a:.phs.
>

Structural Design Development Tests — The structural design development
plan includes concept de velozpi-_nen?t testing of eri‘tical. structaral elements,
jeints, and fittings, and testing te determine laminate mechanical properties
and fracture mechanics data. ‘P_re._li-minar_y design s_'tudii_es will lead to the _
definition of severai candidate design elements, joints, and fittings, These
candidates will undergo development testing to defe rinine comparative per-

formances of different concepts.

Critical structural é¢lements of the composite wing box are to be selected for
design development testing, "‘_I'a;bIe s 7-7 through 7-10 illustrate -tybieﬁl ta st
specimens and conditions for cencept evaluation for wing skin panels, spar
and rib webs, joints, and fittings. ‘The 260 specimens illustrated- with 25
diffe rent types of design c‘:!'e‘t.aﬁil ée ctions are considered representative of a
concept design development program for a DC-9-32 composite wing box.

- More than ene configuration, as fioted im the coluimn -eﬁti-tled "Siructural . |

Concept' in Tables 7-7 through 7-10, would be tested for a given detail
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se‘c'tioﬁ;“’-i'.fy'p‘i-’c'él differences in configuration might be, for example, dif-

ferences in element dimensions, number and orientation of plies, or

stiffener depth,

TABLE 7-7

SKIN PANEL CONCEPT DESIGN DEVELOPMENT TESTS

PRETEST NO. OF SPECIMENS
PEC ) = .
, e . cONDITIONING | TESY TEMe Oc (F)

TEST ‘ em.x o ) . sTRUCT | TEMP | PERGENT| —Ea] ‘

NO. |  TEST SPECIMENS UN. x 1N TEST PURPOSE TEST LOADING CONCEPT |- °C |9F} RH | 1-65)) AMB/| B2 (1801} TOTAL
1 BASIC PANELS 122 x 61 | TENSION STRENGTH | LONGITUDINAL TENSION & ‘82 1a0)| 55 2 4 9 P R
- 148 « 24} | AND STIFFNESS : AMB | AMB
2 122 » 229 | COMPRESSION LONGITUDINAL 6 |82 t1eo 95 21 7 2 1

148 2 801 | STRENGTH AND -COMPRESSION h AME aMa .

] . STIFFNESS | -

3 | sHEAR sTRENGTH INPLANE SHEAR 6 82 (1B0H 95 2 |7 2 "

o | aND sTIFENESS' B "~ | aMa | ams o
4 1222220 BENDING STRENGTH | NDRMAL PRESSURE & am AME [ 6

~ 123 » 90t ) . . :
5 STRENGTH-UNDER - TENSION AND SHEAR. 3 AME AMB 9 §
) COMBINED LGABING ‘ _
6 STRENGTH UNDER - COMPHESSION AND 2 AMB AMB g 5
COMHINED LOADING | SHEAR
7 STRENGTH UNDER COMPRESSION AND 3 AMS AMB 3 3
o COMBINED LOADING | NDRMAL PRESSURE . N T
8 368! |FATIGUESTRENGTH | LONGITUDIMALR » —1.0 3 AMB AMB 3 3
) Lilasz2a o _
‘n ACEESS PANEL ‘!é 229 TENSILE STRENGTH LONGITUDINAL TENSION 2 AME AMB 2 2
(A8« 9 .

10 COMPRESSION LONGITUDINAL 2 AMB AMB 2 2
o STRENGTH COMPRESSION _

1t SHEAR STRENGTH' IN-FLANE SHEAR 2 Ang AMSB 2 2
12 COMBINED COMPRES: UQNGITUD!NAL COMPRES- 2 AME ANsB 6 1

SION- AL SHEAR SI0N AND INPLANE
SHEAR
13 FATIGUE STRENGTH | LONGITUBINAL B = -1.0. 2 ane AMB 2 2
kN ‘EFFECTSOF FUEL- | NOAMAL PRESSURE 2 ‘AMB “AMB 2 2
) PHESSURE . )
15 DAMAGED PANEL 36+ 61" | POSTDAMAGE ' LONGITUDINAL TENSION 2 B2 1180} as 2 3 2 ?
: ISMALL AREAT T3 1 240 | TENSION STRENGTH AMB | AMB
16 122 338] POSTDAMAGE LONGITUDINAL 2 82 (180) 95 2| a 2 ?
. 133 + 90" | COMPRESSION COMPRESSION: AME AMB
. STRENGTH .
7 | 3661 |POSTDAMAGE FATIGUE| LONGITUDINAL A = —10 2 AMY AMB 2 2
+14 1 241
18 DAMAGED PANEL 36 61 [FOSTDAMAGE ' LONGITUDINAL TENSION 2 82 1180} 98 2 3 F) ¥
(LAHGE AREAI 114 1 24) | TENSION STRENGTH AMB AMB L

19 1224 220 [ POSTDANAGE ‘LONGITUDINAL v B2 usm| | es » ] a2 i 7.

45+ 501 | COMPRESSION COMPRESSION ama AMB

) . |STHENGTH |
20 " 36461 |POSTBANAGE FATIGUE | LONGITUDINAL A = <1.0 2 ams AMB 2 2

14 .« 24) . R
7 REPAIRED PANEL 36« 61 |TENSILE STRENGTH | LONGITUDINAL TENSION 2 8z vsoL| 95 2 | 3 2 7
. (SMALL AREA) 14 x 24) ) ! . ) ) AMB | am8 E M
22 TN 1221 229 | COMPRESSION LONGITUDINAL ? '82 11804 95 2] 3 2 7
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Design de Vel'opinent tests are to be performed to establish laminate configu-
rations and obtain laminate properties data that will meet the strength, fatigue,
and damage tolerance requirements for a composi?te‘wing box, This is to be
done by selecting baéié_ laminate configurations, fabricating coupons repré-
sentativé of the design, and testing these coupons with étatic, dyn-a-m-ic, and
répeated loads to determine laminate pr'ope rties design data. Api‘o'roximately
12 test specimen configurations, as shown in Table 7-11, with a total of 1346

specimens are to be tested in the structural design developinent test program,

Lightning and Static Electricity Tests = A lightning test will be conducted

 with restrike tests on fastener heads for fuel ignition hazards and lightning

transient tests on criticral electrical wiring components for transient

suppression/shielding designs,

A static electricity te st will evaluate the static charge dispe rsion chiaracteristics
of graphite compesite fuel tank structures. A static charge spray test or tank
will be fabricated. The propesed protection techniques will be evaluated and

demonstrated for their effectiveness.

Design Verification Tests

Design verification tests are to be conducted in Phase Il on panels, component
sections, joints, fittings, and the landing gear attachment to verify that design
details from the development tests satisfy the design and FAA requirements,

These tests are to be completed before the engineering drawings are released

for fabrication of the first full-scale composite wing box. for sa_’c-a-tic test,

The results of the design development tests and previous composite component
development programs will be utilized to design detail parts for a full-scale
édm.pe»site wing box. Subceomponents fepresentative of the final design will be
tested to verify the static strength and fatigue and damage tolerance charac-
t‘e-.rié'fies of eritical design details of the corﬁ-poisi‘te_ wing bex and to demonstrate
satisfactory repairability of a wing panel including stiffeners. Table 7..12
presents typical design detail verification tests. These tests will be initiated
as soon as pessible after development tests conducted on a particular design

detail are completed,
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Full-Scale Verification Te_sts

Verification tests are to be performed on two full-scale semispan composite
wing boxes and one major subcomponent in Phase IV, The first semispan
box will be used to verify design static strength requirements., The major
subcurnponent article will be used for crashwoerthiness tests, The second
gemispan box will demonstrate fatigue life and damage tolerance, The two
semispan boxes and the major subcomponent article, after failure or with
flaws induced, are to be used to demes.strate repair procedure's and strength.
after repair, Vibration tests are te be pe r-fb-rmed on all three semispan
specimens te determine the composite wing box free/free and installed vib-

ratien characteristics,

Full-Scale Wing Static Strengil Iiééign Verification Test — A full-scale com-

pesite wing box semispan is to be tested to verify the wing box design stiffness

de sign limit strength, and désign ultimate strength to DC-9 design specifications
for the critical load ~onditions. The test article will then be loaded to failure

for the most critical écrnditién.

The test article will be a structurally complete semispan composite wing box
preduced by Manufaecturing, It will include all structurally significant fittings

and access panels and any additional fittings required for handling and test

loading, The composite wing box will be joined with a production DC-9 metal-

lic right wing and a DC-9 fuselage center section, Dumniy landing gear will
be fabricated, installed, and utilized as part of the loading fixture. Inspec-
tions will be performed on the compositée wing box during its manufacture,

assembly, and test setup in acc@rdanee with FAA conformity inspection pro-

cedures. A typical test setup is shown in Figure 7-21,

Instrumentation will consist of deflectometers, strain gages, load cells,
pressure transducers, and associated signal conditioning, calibratien equlp-

ment, power supplies, cabling, escillescopes, and othe¥ mstruments.

One of the major design goals for this test is to design a eompo_site wi'ng box
with a stiffness equivalent to the DC-9 metal wing, Aceo'rdir-_i"g'ly, defleatién-
data will be obtained on the first two composite wing boxes, Data will be
compared to analytical finite model deflection data to verify that deflectmn

characteristics of the compesite wing box conferm te design reqmrements
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RESTRAINT BULKHEADS

FRODUCTION=
DC-9 WING BOX
(ALUMINUM!

TRANSITIOM

SHELL (JIG} > TRANSITION SHELL (JIG)

COMPOSITE WING BOX
SPECIMEN

— RESTRAINT BULKHEADS <

-

FIGURE 7-21. COMPOSITE WING BOX DESIGN VERIFICATION STATIC TEST

The ultimate strength (failure__) test may require load application in excess of

the ultimate str-ength of the 'balpnc-i-n-g metal wing'. Ae'cofdl'm-gly, analyses will

wing and load the composite wing box at the critical locations to produce

failure in the composite wing box.
The sequencing for this test is shown in Figure 7-22.

The test plan will be approved and the te st witnessed by the FAA for com-

pliance with FAR requirements,

Crashworthiness Design Verification Test — A test will be conducted to demen-
strate that landing gear failure due to everleads d:u:‘_-ia»i_g_ takeoff or after landing

(assurning overloads act in the upwérd ahd aft direction) dées not result in fuel

201




i

. CWB.ASSEMDLY.
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REPAIR FUbELATE
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0€s - DESIGN
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NOTES

1. STATAC LOADS INCLUGE POSITIVE AND NEGA TIVE RENDING,
TORSION, AND LANDHNG LOADS INCLUDING FUEL L.0ADS

STATIC BENDING MOMENTS ARE SYMMETAICALLY APPLIED.
SPECIMEN |5 TO BE REPAIRED, IF PRACTICAL, AND RETESTED

CALCULATE JAGK LOADS
= DEVELOP LOAD CONTROL PROGRAR
' AFTERFAILURE TEST.

C/0 LOAD PROGRAM
—. TESTS ARE CUNDUGTED AT LARORATORY AMBIENT.

[ ¢ ] ATMOSPHERIC CONDITIONS.

DEVELOP DATA PHOGRAM — TR - )
INSTALL TEST ARTICLE IN TEST FIXTURE o
L CI-DATAPHOGRAM [ WiTHOUT Jacksi TEAR DOV.H -AND INSPECT

L
[ VIBRATION TEST WITHOUT LOAD FITTINGS — 1_ -
: L REPAIR i .

o

COMPUTER
OPEAATION 4
AND CONTROL

»

j

h ¥ WING TANK OVERFILL PRESSURE TEST —

FREE VIUHATION TEST -Ce)
INSTALL LOAD FITTINGS —[=2

TEST SETUP CHECX0UT AND STATIC LOAD TO
3G PERCENT OLL

TEST
C.WEHAT'UNS { . . STATIC LOAL TO BOPERCENT DLL —
STATIC LOAD TO 100 PERCENT pLL <

STATIC LOAD TC 925 PERGENT OLL

l

'\_|;
F
1

STATIC LDAD TO V5@ PEAGENT DLL

. STATIC LOAD TQ DESIGN ULTIMATE
_ ) STRENGTH
i £ST ARTICLE ASSEMBLY INSPECTY.
s mareeTion ] T BLY INSPECTIIN
DURLITY 4 R ‘,‘ -
sRA . o
 ASSERANCE I U Lv w Ly

FIGURE 7-22. COMPOSITE WING STATIC TEST PROGRAM

spillage ”frem the wing tank sufficient to constitute a fire hazard, [See Para,
25.721 (a) (2) of Reference 3.] o ' .

Verification that the main landiing gear will separate from the wing without
s.igniifi-(:ant fuel spillage will be demonstrated by test on a typical composite
wing box section, as shown in Figure 7-23, with a dummy landing gear and
landing gear side brace, The test plan will be approved and the test o ‘%
witnessed by the FAA for compliance with Federal Aviation Regulations, ‘-2@@%'\':-.'
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LEGEND:
. P1-MLG JACKS FOR AFT LOADS
CONPTSITE : o P2 — MLLG JACKS FOR VERTICAL LOADS
MR seTian xAsg9 - OIS ‘.{ TEST FIXTURE
o® 4 : 5 l
XRS 16 T
. \‘\>>\ ~ tod
. p: :—:-vi
= '
- \“\ . ) ; :
- > ‘
ST YT |
TEST FIXTURE ' |
END PLATE \ ‘
P LANDING GEAR
SIDE BRACE

DUMMY MAIN LANDING GEAR

LOAD JACK UNIVERSAL JOINT (TYP)
" FIGURE 7-23. LANDING GEAR CRASHWORTHINESS TEST SETUP

Repairs will be made of damage resulting from the intital crashwoerthiness
tests, and the specimen will be tested again to determine the static strength

of the repairs, .

Full-Scale Wing Fatigue and Damage Tolerance Design Verification Tests —
Tests are to be performed te verify attainment of fatigue and damage tolerance
design requirements for the composite wing box, A full-scale composite wing
box semispan will be subjected to design service loads spectra equivalent to
two aircraft service lifetimes to identify critical areas of the composite wing
box not previeusly identified by analysis or component tests and to provide a
basis for service inspection intervals and repair procedures. The test article
will consist of a composite wing box semispan, an aluminum wing box semi-
span, and a center fuselage section. The composite wing box will be repre-
sentative of the flight article. It can utilize the same test fiktures and
equipment as the static test with modifications as required for any items that

are utilized enly for fatigue and damage toierance tests, The test 'se.'quence

~ for this test is shown in Figure 7-24,
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Detail test conditions and loads are to be provided by Design Engineering for
the tests noted in Table 7-13, Loads will be defined based on DC-9 Series 30
specifications, Loads spectra will be fligh-t',-by-__flight,' with random odering
of beth flights and load peaks and valleys, Simplified profiles will be devel-
oped from typical service operations. Condsnsed spectra will be used when-
ever p:sible te reduce computer titne and test costs. These spectra will be

prepared and submitted for FAA approval.

TABLE 7-13

COMPOSITE WING FATIGUE AND DAMAGE
TOLERANCE TEST REQUIREMENTS

ORIGINAL PAGE IS
OF POOR QUALITY
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COUPONS AND AND INSPECTION
COMPONENT |
| sEcmenTs
‘FROM ]
‘fewa FATIGUE
TEST ARTICLE | ) .
{6 FAILURE TEST STRUCTURAL .GEMONSTRATE| MAIN GEAR | FAILURE STRAIN/GAGES " TEST AEQ'D ONLY IF
] TEST LAB [-CRASHWORTHI:| BREAXAWAY| LOAD FOR 1801, LOAD GEAR ATTAGHMENT I5- -
! INESS i WAIN GEAR CELLS 1THD), SIGNIFICANTLY
i BREAKAWAY MOVIE FILM HEDESIGNED AFTER TL 35T
1 : | OF MLG BREAKAWAY
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Instrumentation wil)i con-éi_.-st of deflectometers, strai_n gages, load cells,
pfessut-e transducers and és-soc{'ated signal conditionin, eélibra-tion equip=
inént, power su-p.plies, ea-bling,' ds’cillos-eopes, and cther instruments to
obtain 'str_uet;u-r‘al response and for correlation to analysis,  The fatigue test

article will also be nsed to obtain vi_bratim_l test data.

A stiffness tést is to be conducted as the first installed structural test on the
test article. Loads will be applied to the wing to 100 percent design limit
load to measure wing bending and torsional deflection prior to fatigue testing.

A second wing stiffn’ess test will be conducted in a like manner after the first

lifetime of cyclic loading is completed and a third test at the end of the second

lifetime of cyclic loading, Data from these tests will be compared with the
defle ctipr; data obtained from the first test to determine if the composite wing
box deflection characteristics change as a function of loading and aging during
the test, ’

Cyclic loads are to be applied as flight-by-flight spectra for fatigue and damage
tolerance evaluation, Each service life will be divided inte periods (cycle) with
visual and nondeéstructive inspection of the complete test article at the end of_
each peried. Jacks and whiffletrees will be disconnected at half of the first
lifetime and a Second vibration test conducted and at the end of the first life-
time, Significant damage which would result ih premature test article failure
will then be repaired, Flaws will be introduced in seiec—-:t_ed ¢ritical areas, if
nene exist, for the second service life to evaluate flaw growth characteristics
and prove the structure is damage-tolerant, Load equipment will be reattached
and cyclic tests continued for a second service lifetime in the same manner as
for the first lifetime except that mo~: }ucal inspections are anticipated to moni-

tor flaw growth in damaged area.’

A fail-safe limit load condition will be applied after completion of the second

-service life of load ecycling. Flaws will then be placed in selected undamaged

areas and limit load applied, Damage will then be repaired, where practical,
a-n_ tests conducted to ulti-ma_;te _desi-gn- load te prove the capability to repair

major damage to the composite wing box structure.

Full-s_'g_alg_ Wing Design Verificatieon Modal Vibration Tests - Design Verifica-

tion modal vibi-"a-tiqn' tests are to be pe r~féf1‘-ﬁéd asing the thiree full-scale
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semispan compesgite wing box tést articles, Tests are to be conducted (1)} on

all serhi-span components immediately after assembly and befo re joini-ng with

~ the aluminum wing box, (2) on the two assembled ground test composite wing

Boé&: test articles, and (3) on the composite wing box installed as the left wing

of the flight test aircraft. These tests are to be performed to (1) determine .

_normal composite wing box semispan basic vibration characteristics — mode

shapes, frequencies, damping, and linearity, (2) obtain vibration data indica-
tive of manufacturing repredueibili-ty, {3} obtain vibration data for evaluation
of possgible structural degradation as a ré sult of fatigue testing, (4) obtain

data for correlation with modal vibration an‘alys‘e:s,‘ and (5} provide data neces-
sary in demonstrating that the aircraft with a semispan composite wing box
installed has flutter and vibration characteristics a’.-c-eepta.;ble for airecraft
flight. Table 7-14 summarizes all design verification vibration tests, Teét
No. 9 of the table is discussed separately under Structural and Ae rodynamie

Damping Tests,

A free/free pendulum type vibration test fixture will be provided, éssentially
as shown inh Figure 7;25{ This fixture will be used for Tests No. 1, 2, and

8 of Table 7-14, Data from the free/free tests performed on the three test
articles will be correlated with dynamic analyses as an indiiea-t.or of manu-

facturing reproducibility,

Vibration tests will be conducted on the assembled composite wing box as

part of the complete test article, as shown in Figure 7-21, Five tests will

be performed on the fatigue test article, T#sts will be conducted to check

for pessible changes in frequency response of the composite wing box as a
result of fatigue cyclic té-sti:ng. Changes could be indicative of degradation

df' the test article as a re sult of load cycling or aging, All of the se tests will
be conducted in the same manner, Reference ’a_..e.cele:remete rs will be‘ installed
at locations on the eompo«s-ite wing box upper surface. Roving accelerometers
will be used to measure the modes of vibration, Shakers will be installed
under the wing and attached with suction pads to excite the wing in bending and
torsion. Mode shape, frequency, and damping data will then be obtained for
three modes., Test results will be co'rré-lated- with design analysis data after

accounting for the jack pads attached to the composite wing box skin,
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TABLE 7-14 | _
COMPOSI¥E WING BOX DESIGN VERIFICATION VIBRATION TESTS

| R .
; : TEST|. - i L | ammicue 1 - TEST . | o : . ) : |
TEST ARTICLE NOD..|  TVPE TEST PURFOSE SUPPDAT |  TIMEPMASING . | CONDITIONS | :DATA:REQUIRED: | REMARKS ‘ | . : j
JFULL-SCALE STATIC | 1 |FREE/FREE DETERAMINE NORMAL 1 PRIDA TOWING .5 TOE0Hz " VIBRATION MODES||'FREE, UNJOINED'STRUCTURE IN'CENTER TANK i
! | rEST ARTICLE Il lcWB.SEMISPAN) | MODES-OF VIBRATIGON, | 1ominG L EXCITATION | WITH FREQUENCY i AREAMUST BE RESTAAINED (TYPICAL FOR ;
.‘ . : R | FREQUENGCIES- i i ANDDAMPING || SEMISPAN TESTS) : . i
: Y3 IFREE/FREE 'COMPARE RESULTSWITH |: SAME ASFOR TEST NO: 1 ICORRELATION/OF TEST NO, 1:AND -2 RESULTS ' I :
: ‘ {CW8 SEMISPAN]. | TEST NO: 1 . || 1S{NDICATIVE OF PRODUCTION REPRQDUCK !
. : | J8ILrEy i
. C .| 37 [assemBreD TEST [[COMPARE RESULTSWITH | TEST FIXTURE | PRIOR TOLOADPAD | 2 asoHr . " .| REEERENCE LEVEL-VIBRATION. DATAFOR ‘ ) . I
! | ARTICLE, _ fresTno; 2 T | INSTALLATIONS | EXQITATION | - 'COMPARISON-WITH DATA FROM TESTS6,7,. AND 8 ¥
_|eanmILEVERED  of ' . i i . - ‘
4 Lsame as 1es7 N0, [FoBTAINY FATIGUE AN g | AFTER LOADPAD | | EVALUATE DATA pohmanmnumcﬂ“:p cTen:
| BWITH:LOAD PADS:| DAMAGE TOLERANGE INSTALLATIONS, : - .| 1sTIe-CHANGES AFTERNOTED HOLIRS OF LOA
e hED | 17 'L TEST HASELINE VIBRA { PRIOR TO LOAD . SAME ASFOR TESTHO. 3 CYCLING, GHANGES:IN-GHARAGTERISTICS:MAY
. DAMAGE TOL , 1 [ ron.vaTA VERSUS DEFLEL- : “BE INDICATVE OF LOSS OF RIGIDITY :DUE TOD :
ks ‘ERANCE TEST .k L “TION. TESTS : | AGING AND FATIGUE OF FIBERS B
o) 5 | ' DHTAIN VIBRATION DATA 1 AFTER 20,000-HOURS || Ca
: . : | AFTER ONE-HALF SERVICE | OF LOABICYGLING i
oy . i o ‘LIFE.OF STRUCTURAL 1 : : | i
' 1 | LOADICYCLING o . L i
| 6 . |-oBTAIN viBRATION DATA 1f | ‘AFTER-40,000 HOURS | ; |
N ' : . { AFTER:ONE SERVICE LIFE || | OF LOADIEYGLING | i
! , . -OF LOAD.CYCLING | . I :
i : B T T : ‘FoBTAIN VIBRATION DATA | I aFTER:go000MoURS |
! _ | . AFTER TWOISERVICE | Al OF LOAD CY.CLING ‘ i
: : | LIVES.OF LOAD CYCLING i : _ _ 1 y
1 8 |EREE/FREER : ) ’ SAME ASIFOR TEST'NO, 1 ' | CORRELATE RESULTSWITH TESTS NO. LAND3 ‘r
FLIGIIT TEST C ‘lCWBzS?MISPANJ 1 . _ _ . . i ) i
AIRCAAFT 18 |AIRCRAFT | eBTAIN SYMMETRIC AND | AIRGRAFT ON | PRIORTOFIAST | 2ERD, HALF, | ‘MODESWITH || DATA TDBE CORRELATED WITHWING FLUTTER | :
| |'GROUNDVIBRA. | ANFISYMMETRIC VIBRA: | SOFT-BUNGEE | FLIGHT . J aNDRULL | FREQUENGIES [ ANDGUST ANALYSES. 5
! TION TEST | TION:MDDES, FREQUEN- | SUPRORTS . FUEL ANDIDAMBING . , . H
: . [-GIES, AND DAMPING : | i
. I pATA FOR-FINAL, COM:  f . : ) i I
!PETE AIRCRAFT b _ 1 7 i : i
I
|
|
i
;
i
1
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FIGURE 7-25. COMPOSITE WING BOX FREE/FREE VIBRATION TEST SETUP

Repair and Test of Major Damage — Repair of d-a-ma.r'ge covers many areas of
the composite wing box developrment program ~ repair of eompanéhts- damaged
during manufacture, parts damaged during test, and parts damaged during '

in-service flight operation. Major 'i_:é st articles, including the crashworthiness

box section and the two 'gfoti'na test composite wing beox See'm‘i;sapé.in test articles,

will be repaired and tested where praetieal to develop approved te chriques

and p-ro-eedu'i:e.s-, for in-service repairs. Through these repairs and té-sts‘,

repair techniques will be developed for use on full-scale ma—j'_@r- test articles -
suitable for repairing parts during m__an-_ufact-qre and aircraf;t_-_'m-'sérviee:
repzirs and to demonstrate that the structural integrity of the re paired parts
is equivalent to the original unré.paired structured. (See Reference 2,

Para, 7.8)

Aircraft Installations Ground Tests

Certain ground tests are required on the flight test aireraft eomposite wing

box and its subsystems during assembly or after installations are made on

‘the flight test aircraft and before the -fi_r'é\t,' ﬂig;h:t. 'If‘h-esé tests are performed .

in Phase V and are de scribed in s,use.qﬁen-t' paragraphrs'.—'
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Subsystem Functional Tests — System functional tests are performed during
manufacture of an aircraft, These tests are to be accomplished with ‘on-air-
craft test procedures prepared by Engineering, Existing proce-d-ures will be
used for system ful,‘l-ction_al tests of fhe DC-9 produced with an advanced com-
posite left wing box. These will be reviewed; meodified as required, and
utilized to demonstrate the satisfactory function of all systems in or inter-
facing with the left wing composite wing bex. The f.al_lowinvg systems, in
particular, will be examined closely to determine if changes are needed in
procedures and during pezjformance of‘the' procedhres for responses ciif._fere-,:it
than for a normal DC.9: (1) composite wing, fuel tank proof pressure and
leakage test (2) electrical system (grounding and EMI), (3) flap system,
(4) hydraulic system, (5) lateral control system, and (6) main landing gear.

No unusual conditiong are ant1c1pated for or in these system functions w1th

the use of the composite wing box,

Fuel System Calibration and Gaging — A test will be performed to vefi.-fy the
physical and fungtian_al characteristics of the composite wing box portion of
the aircraft fuel system before the first flight. It will be demonstrated that
the com_pas'ite wing box portinén of the f_uel system meets or exceeds the DC-9
fuel system containment and gaging specifications and FAR réguirements.

This test will be perforrmed on the flight test aireraft,

Design 'an"al-ysj_i_s supplemernted by cmm:pufter programs is t:t-'séd to de‘:f_:ermine the
fuel tank physical chara-cte.risti-.es such as 'tra-:ppe‘d fuel VGliti-'m»e, tank expansion
volume, high-level fill valve shutoff velume, and pump runout volumes, These
fuel system characteristics as well as the accuracy of the fuel quantlty gag-
ing system will be confirmed by this test bef@re the first fhght of the test

a1rcraft

This test will be conducted after manufactunng acceptance and the dry func-
tional testing of the fuel system and 1mmed1ately before the ground vibration

te sting of the airczaft.

Lateral Control System Proof and Operation Test — A lateral control systém
proof and operation test will be performed to demonstrate the structural and
functwnal integrity of the late ral control system installed in the compgsite

wing before the first fhght A succes-sful test will have been achle ved when
210
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and functional integrity as installed in the composite wing. These tests are
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the lateral control system and associated support structure have sustained
100 percent design limit load with no permanent deformé,-tion and no slack
cable fouling on adjacent structure. This tést will be performed on the flight
test aircraft assembled with a normal DC-9 right wing and an advanced coma-
posite left wing box. This test will simulate malfuctions and apply design
limit loads to the cockpit controls, Data analysis and visual inspection of the

lateral control system will substantiate the lateral control system structural i

to be conducted before the first flight.

Aircraft Ground Vibration Test - An aircraft ground vibration tést will be
performed to obtain structural normal modes of vibrations and cerresponding
frequencies and damping characteristics of the overall aireraft with a com-
posite structure left wing and a normal DC-9 metal right wing. The test
aireraft will be structurally complete with all major weight items included.
Any major weight item missing is te be adequately simulated and installed in
its proper position. Determination of important structural modes is required
for evaluating flutter characteristics, gust analyses, and the airplane struc-
tural responses to ensure compliance with applicable FAA requirements,
Detection and measurement of structural modes of vibration will be made up

to 10 Hz with erthogonality within 10 percent,

The aircraft will be positioned for soft s.uppor-t with the landing gear suspended

on bungees., It will be weighed and ballasted as required for each test config-

'u-ra.ti-on,,. .'Ferc’-:-e shakers will be used to excite vibratieon, with the vibration

sensed using accelerometers and the response data recorded,

Tests will be conducted with zero fuel, full fuel, and one inté rmediate fuel

loading.

The aireraft gfound vi_-bravi;ién tests will be completed before the first flight.

 Flight Test Program

The fourth test composite semispan wing box will be installed as the left-hand
wmg and will undergo flight testing after thé ground vibration tests are com-
pleted and an ekpe rimental certificate has been received from the FAA,
Details of the flight test program will be developed in accordance with the

requirements discussed in the following text,
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FAA Certification ~ The flight test demonstration of a semispan composite
wing installed on a DC-9 aircraft will be 11m1ted to those items that could be
affected by this change,

An FAA certification test requirement program will be prepared by the Douglas
flight test engineers with conrdination and agreement with FAA personnel to
show compliance with pertinent FAA regulatiens,

Ground Test — A friction check of the lateral control system will be conducted
to verify that any revised routing of lateral control system cables has not

changed the established friction characteristics of the system,

Flying Qualities — Flying qualitites will be investigated to verify that the
aeroelastic characteristics of the compesite wing produce the same handling
qualities as the conventional structure. The following tests will be qualita-
tively evaluated: (1) maneuvering stability — 40. 5g increment, cruise config-
ration; (2) roll rates — high speed; (3) static longitudinal stability = high speed,
climb configuration, and (4) static lateral stability — cruise configuration.

Structural and Aerodynamic Damping Tests - Structural and ae rodynamic

damping tests will be conducted to ensure the composite wing is free from

flutter and excessive vibratien for all flight ¢onditions to VD/ MD. The
aireraft will be tested at the most critical configurations as determined by

analysis,

The airqra,ft will be tested la-t three discrete altitudes to V‘D_/ MD. The aileron
damper on the composite wing will have rotational free play of +0.5 degree to
simulate excessive wear cases, The aileron control surface on the composite ‘
wing will be mass-balanéed to the eritical éend of limits est'ablisihed for flight b
test. (F'l-i:ghat test limits are more severe than in-service mass balance ‘
limits.) The wing structural modes will be excited by means of _ail'ean,_ _
fudder, and elevator inputs consisting of two basic technigues, | surface pulse

and surface osc¢illatien,

Instrumentatmn requlrements for the structural and aerodynamm dampmg

-program are as follews:

e Leéft and ﬁgh:’c wing tip nermal acceleration
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o Left and right horizontal stabilizer tip normal acceleration
° \'.fe rtical stabilizer tip lateral accele ration

] Aireraft ceﬁte r-of-gravity normal acceleration

®  Aircraft center-of-gravity lateral acceleration

e Cockpit normal acceleration

e Cockpit lateral acceleration

™ Left-hand wing ailerrm; position {assumes a composite wing)
e Left-hand elevator position

® Rudder position

e Captain's airspeed, altitude, and Mach .numbe r.

Flight Loads -~ A number of strain gages will be installed and monitored on
various wing structural components throughout the flight test program., The

data from these gages will be compared to analytical and static test data.

Airline Service — Fe-llo'wi_ng the flight test prog ram and FAA ce rtification,
the flight test composite wing will be refurbished and the aircraft delivered

te the user airline to begin in-service flight evaluation,

Quality assurance activities will begin early in Phase I of the wing program

to ensure that the design allows for access for inspection and to isnlate areas

of activity unique to this design. Quality control procedures will be written

-or revised to cover activities needed because of unique aspects of the wing,

Inputs from the development programs will be incorporated at fhe earliest
pessible moment, Specifications will be revised as appropriate to cover

material procureinent and process control, These efforts will result in a

comprehensive quality assurance plan tailored to the manufacture of the com-

posite wing,
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This Quality assurance Plan has been prépared as a guide to the quality ' o
assurance system to be used for the composite wing program, '

The quality system is de-sigrned to confornﬁ to Part 21 of the Federal Aviation
Regulations,

The Quality Assurance Plan provides the controls that will ensure quality
and conformity of the composite wing components, S.peciaiizéd controls are

described for the production of the graphite /epoxy components,

The quality s§ystem incorporates all necessary controls for the effective assur-
ance of product quality, The guality assurance managerment system provides
‘senior management with visibility of the program, General quality informa-

tion and records will be available to NASA representatives.

Specification Review, I_ns-pe_ctien Review, Drawing and Change Cpntrol

The specification review is conducted by Design Engineering and the Materials
and Producibility Engineering groups. Specifications are reviewed and, where

applicable, are incorporated into engineering drawings and process standards,

Quality Assurance reviews preliminary design layouts and final design draw-
ings to verify that all composite compenénts are readily accessible for normal

and nondestructive inspection,

Change control is maintained for produced hardware, i-nclhding status of parts
and assemblies adapted from other pregrams, Change control is effected by
eognizé.-nt engineering and pla,nniﬁjg personnel. Engineering assigns a change
letter to a drawing to identify the change, and this identity is i-nclﬁsied on the
' planning paper and the product, Quality Assurance verifies the change con-

formity as part of the hardware acceptance.

Processing Instructions, Material Spe:giﬁgg.ﬁgns, and Quality Specifications

Douglas process standards convey detailed processing instructions, material
usage, quality control procedures, and qgality requirements used to manu-

facture and evaluate the quality of parts,

Material specifications documment material handling, processing, and mechan-

ical and phyeical properties of materials to ensure that materials used will
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produce hardware that meets design requirements, These specifications
detail material properties as well as testing requirements which are imposed

upon material suppliers, -

Quality specifications are written to convey to both suppliers and the manu-
facturer the quality control information necessary for ensuring compliance

with engineering, quality assurance, contractual, and regulatory requirements,

Process standards and materia) specifications are indicated on the engineer-
ing drawings as applicable. Process standards, materiél specifications, and
quality specifcations are indicated on material purchare orders. All these
items are specified on the manufacturing paper, as required.

Personnel Training and Qualification and Assignment of Quality and Inspection -

Sta.‘t-hrp:s

Specially trainsd and qualified employes are required to perform highly tech-
nical work operations, Training courses are provided for employes involved
in such work. Upon completion of training, the employes are given tests to
demonstrate their proficiency in performing the task, Only employes who
show proficiency and pass the qualification tests are used to manufacture and

lay up ¢omposite parts.

Training is provided to Quality Assurance personnel £or be:h technical and
procedural subjects. Both ¢classroom and on-the-job training are utilized,
Courses are designed to ensure the technical competency of personnél and
efféective implementation of quality assurance system requirements. Where
applicable, certifications to perform spe:ific inspection operations are issued.
Quality Assurance personnel directly assigned to product verification activities

are issued inspection stamps. ' :

traceability to the individual empleyg: A cdm.puite rized system is used to pro-

vide traceability to the employe as well as certification status,

Supplier E-vgh@&tipp

P.ro_s-pe ctive suppliers are evaluated to dete rmme if they have acceptable

quality assurance systems and capabilities,
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Follow-up surveys are conducted as necessarv to verify correction of defi-
¢iencies disclosed by initial surveys.

Postaward supplier surveys are conducted for corrective action purposes, as

required.

Quality Planning

Quality planning ensures effective control of quality throughout procurement,
fabrication, and assembly,

Purchase requisition analysis is performed to verify that adeq'uaté quality
requirements are inccrporated. This analysis includes a review of the

applicable engineering requ-i'remen'ts and quality specifications.

Inspection reguirements a‘e established for fabrication operations and the
fabrication outline is checked to ensure adequaté inspection cperations are

specified on the fabrication outline,

Assembly operations and associated inspection functions are planned and docu-
mented on assembly outline — ships record forms. Quality Assurance personnel

coordinate with Manufacturing Planning to ensure that appropriate inspection

operations are indicated on the assembly outline — ships recerd.

Process Control

Process surveillance is conducted by Qua-lity Assurance = Process Control fo
ensuve that product-related technical processes utilized at the manufacturing
facilities comply with specifications. Corrective action is required for

reported deficiencies,

- Processing suppliers are qualified in accordance with quahty specifications,

Resurveys are made pe riodically of qualified sodrces,

Equipment Certification

Measuring and testing equipment used to ensure or verify prodact conformity
is calibrated and ceritified for aceuracy prier to its initial use and at pre-

seribed intervals thereafter. Calibration of primary and se condary me.asu-ré -
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ment standards used for equipment certification is traceable to the National
Bureau of Standards,

Inspection and Tests

Inspections and tests are conducted to verify compliance of the product with
specifications and procedures, Quality Assurance personnel witness ali tests
to ensure this compliance. Documented inspection and test results are trace-
abie to personnel performing the function. Equipment utilized for testing is
monitored to ensure that its control, maintenance, and calibration are in

compliance with procedures and specifications,

Tooling Inspection

‘Tooling inspection ensures design conformity of product features controlled
by production tooling. Tooling is visually inspected before and during use to
detact any condition that may affect product conformity or acceptance. When
required by Tool Design, periodic dimensional checks are made. The quality
assurance record — toeling and the tooling order are utilized te specify and

record tooling inspections.

Receiving Inspection

Receiving inspection of product materials is conducted in accordance with
applicable material specifications and purchase orders. Visual inspections
are conducted in the receiving area. Material requiring physical or chemical

testing is routed to the appropriate laboratory for analysis,

Graphite /epoxy material procured for the program undergoes receiving
inspection and acceptance testing by Quality Assurance te requirements set

forth by Materials and Producibility Engineering,

Nonconforming materials are segregated and processed for disposition and
corrective action in dccordance with applicable control procedures, Accepted
materials are reuted to the a.ppropri-ate cold storage, stockroom, or use area.
Aéce‘-pténee or rejection by Quality Assurance is documented on receiving

docurments,
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Raw Mate r‘iapf-} __C_ontrol-

Raw materials are purchased under applicable 5 pecificationis and accompanied .
by documented certification when requived by preéurem'e:n&- documents, The
results of tests (e.g., chemical or physical) eéndueted on raw material speci-
mens are documented Traceability of graphite /epoxy raw material is verified
by Quality Assurance from mateﬂai procurement through asser:bly as recorded

on production work orders. -

Raw materials that require cold storage are certified for a specific period
of time, Materials that exceed this storage age are tagged and held for retest
" by the appropriate laboratory for recertification. Accepted materials are

marked for a new specified time period,

Fabrication Inspection

Parts and assemblies manufactured in the fabrication areas are inspected in
accordance with quality instructions as provided on the fabrication outlines.
fuality and eompleteness of fabrication items are signified by the applicat‘iqn
of quality stamps by manufacturing persennel, Quality Assurance verifies
that batch or lot number of g ré.;.p_h_ite lepoxy material and se ri-al'iz_a-tion of comi-

ponents (as applicable) are recorded on the fabrication outline for traceability.

Whet specified on the fabrication outline tag end specitmens are prepared and
tested in accordance with engineering i{ﬁfStructions-- and recorded. Quality
~Assurance visually inspects each layer of material prmr to layup te verify

proper orientation, Fabrication outlines prevm‘ie buyoff for each layer,

The completed components are vigually inspected for ¢racks, delarninations,
and .ot}h_e-r flaws which are deeume,'nféd' a-ﬁd-‘ dispositioned pur"suan-t to directions
from the Material Review Board, Ultrasonic a_.-rid;/or Fokker bondtest and
radiegraphic inspection are performed by Quality Assurange per a detailed
written procedure to detect delaminations. Unaecepta,ble conditions are

decumented and dispositioned per the Material Review Board,

Assembly Inspection

tion of manufa—cturm-g q.u.dhty ..stam.ps to the as s.em=b1y eutlme - sh1ps rece"r,c;.l_s.
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Quality Assurance personnel provide acceptance of subassemblies and final
assemblies by applying a quality assurance inspection stamp on each item
i_r«.épected. Quality Assurance verifies that serial numbers of the components -
are recorded on the a-ss,e'mbly outline — ships _r‘e.eerds to ensure traceability,
as required, Completed assembly outline -~ ships records are retained by :
Qnaliity Asgsuraiice in data recoids, o

Flight Ramp Inspection

Flight ramp inspection eperations are performed by manufacturing
personnel in parallel with preflight functions and production flight test
support activities. Inspections are planned, conducted, and recorded
as an extension of assembiy inspection activities. Production flight
testing is accomplished by the Flight and Laboratory Development

organi zatmn.

Mate rial Re vi_ef.\y

Product nonconformances aré controlled to ensure their correction or dispo-
gition per the Material Re view Board, Noncoenforming manufactured items
that can Be corrected to comply with spe cifications are returhed to Manufac-
turing for corfe’ ction. Other nenconfoerming items are rejected and withheld
for material review processing. The Material Review Board consists of a
cognizant engireer, a cognizant Qu»alify Assurance representative, and a

cognizant Government representative (when required).

Corrective Action

Matérial Review Board actmns and discrepancies disclosed by inspections and
- surveillanée are analyzed, Cerrectxv,e action is obtained as necessary,
Fellew-up measures provide for verification of effectiveness of reported
corrections, In.service problems are reported to Quality Assurance by

Produﬂt Support for in-house cerrectwe action as required.

Quality Audits

Quality audits are conducted to ve rify compliance with established procedures
and specifications and to identify any apparent deficiencies in the quality sys- a
tem. Detailed audit reports are furnished to affected subdivisions listing
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audit findings and any recommended actions to be taken. Responses are
reviewed and follow-up audits conducted to verify the satisfactory resolution

of reported deficiencies.

Inspection and Test Records and Data

Thoese records that provici‘e‘ objective evidence of assembly acceptance are
retained by Quality Assurance, Thése records and supporting data provide

documentation of inspection and test results,

PROGRAM COSTS

The determination of the cost of a composite wing technolegy program was
not included in the study task, However, rough-order-of-magnitude costs

were estimated in order to compare program options and to define a minimum-

-cost development plan without c’-—:omp.-rbmisihg the program objectives.

The development plan cost breakdown is presented in Figure 7:26 and

- Table 7-15 to provide insight into the scope of the various program tasks,

These cost data were not developed through the rigerous and lengthy bid-work
sheet and costing department procédures, and therefore should not be construed

as suitable for any other purpoese.

FIGURE 7-26. DISTRIBUTION OF FUNDS AMONG PHASES
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TABLE 7-15
DEVELOPMENT PLAN COST SUMMARY
| | APPROXIMATE
1978 DOLLARS
B ~ (MILLIONS)
v - — - L ,
ENGINEERING PRELIMINARY DESIGN 4.0
MANUFACTURING TECHNOLOGY DEVELOPMENT M5
DEVELOPMENT TESTING : ’ 10,1
PHASE H
ENGINEERING DETALL DESIGN ‘ . 25
‘VERIFICATION TESTS 05
MANUFACTURING VERIFICATION 05
PHASE 111
TOOLING . o 29.4
MANUFACTURING (3CWB) ' 8.3
PHASE IV
FULL-SCALE VERIFICATION TESTS : 48
PHASE V '
MANUFACTURING (1 CWB) 2.1
GROUND TESTS ' 0.4
FLIGHT TESTING ' 1.0
AIRCRAFT MODIFICATIONS 13
ENGINEERING MODIFICATIONS ' _o04
748
TRAVEL, COMPUTER, MISCELLANEOUS 0.8
. . _ 75.6
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SECTION 8

FACILITIES AND EQUIPMENT
The facilities section of this study is divided betweén the development and-

production programs for the purpese of furnishing an overview of what is
required during each phase. . BaSieaﬂy, the facilities requirement for the
development phase of composite wing manufacture will not differ greatly
from the production phase except for the additional space and equipment

necessary to achieve the production rate.

A plant design and work flow for structures laminated from composite

 materials is substantially different frdm these used in the metallic producing

- faeilities of today's airfrarne manufacturers. This report is to define the

facilities recZ;uirement for each phase of the composite wing manufac‘i:fu-ring _ !

-pr_o'gratn.

A one-~of-a-kind approach is used in development for manufacture of the four
full-size composite wing box siructures. The primary purposes are to
defelo.p -techne'logy, train per :s.en.nel, and acquire a manufacturing capability
for large primary composite structures for a reasonable cé.pital outlay. In
the real-world situation, the development program would be conducted in R&D
facilities at Douglas which would be available in that time per-iod; The only
new capital expenditures would be for equipment which was large enough to
manufacture the wing panels and spars. Hand operations would be utilized
except where technical innovation required study for development in these
‘aréas. In addition, the basic R&D é‘ff@rt would require a study of ha;ndrl'i-n_g _
and processing techniques necessary to manufacture composite wings on a

production basis.

The facilities for the production program must include the latest techniques
available to make composite wing proeduction cost-competitive with metallic
components. Hand layup will give way to automated broad goods dispensing,

as well as numerically contrelled trim equipment,

' The key to composite wing production will be not only the producibility of the
design, but al'svo the methods and equipment used to manufacture the wﬁihgs

at a sustained rate of preduction.
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FACILITY REQUIREMENTS FOR DEVELOPMENT

The production study will examine the mamifacture of an aircraft wing in the
1985-1990 time frame; in which much of the equipment necessary to produce
other primary and secondary structures would be available,

Facility and equipment requirements f6F the composite wing development
tests and full-scale verification tests are essentially the same as those .
required for development of a metal wing of similar size. No unique require-

ments are foreseen at this time.

This section défines the facilities necessary to produce one major subcom-

ponent and four full-sized composite wing structures.

The facility will be based on a one-of-a-kind .é.ppr oach with the wing-half
space envelope utilizing a DC-9 size aircraft. The objective is to develop

methods applicable tc production.

The equipment required during the development program will be of the type
and size needed duting production and would later be used in a production
facility, Hand layup and trim would be utilized, where possible, to minimize
expenditures for capital equipment. However, the corﬁposite wing develop-
ment program will require that the development facility have sufficient
capacity in the following areas: storage, layup, cure, nond-éstructive testing,
trim, final assembly, portable hand tools and teeling support, surface treat=
ment for metallic parts, and refrigéraﬁed storage area for work-in-process
storage, Sufficient freezer capacity is necessary to accommodate the guantity
of prepreg material te be used during the development phase with two wing-

halves in process at ahy one time.

Material to be used in the development program will be kept separate from

materials used in any production application.

Movement of completed major subassemblies will be via handling dellies
until the postcure state where the overhead erane is available for transfer

of large parts.

Initial fabrication of composite parts eccurs in the layup room with the dis-

pensing of tape and broad goods onto the skin melds, blade strihger mandrels,
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intercostal mandrels, and rib molds., After metallic inserts have been made,
parts are densified and returned to storage or final assembly from the -10°c

(0°F) freezer or 4°C (40 F) holdmg room storage, dependmg on length of

time to be stored

f
; Final as sembly is performed before vacuum bagging and final cure in an : |
5 oven or autoclave. Postcure operations mclude removal from the tool, o a
t ‘ , nondestructive testing, and trim usding diamond saws and high-speed reuﬁer-s. :
The wihg box will be assembled in a similar manner to its metallic counter-
part, utilizing a vertical assembly jig and typ1cal plant air and electricity
for handheld tools.

The apprex-i-rnate overall size of a development wing is estimated to be 10, 400
square meters (112, 000 square feet) including area allocated to metallic part

surface preparation, tool fabrication, and staging and receiving.

The nondestructive testing of the full-size development wing will require
inspection capability to handle at least a 3.5- by 18-meter (12- by 60-foot)
‘wing panel. Automated head control will be used for inspection of cured 3
panels using the C-scan techﬁique. The layup area for graphite/epoxy
laminates will require temperature and humidity controels to maintain 10°
to 24°C 65% to 75°F) at 50 to 70 percent relative humidity, Dust will be
contrelled by layup room positive air pressure., Sealed floors which are
waxed frequently will reduce the accumulation of dirt and dust. Shop areas’
used for trimming cured composite parts will be lower than atmospheric

pressure to prevent dust from infiltrating into the layup area. Both vacuum

pickups and electrostatic collection systems can be used,

- The plant layout design, shown in FJ.gure 8-1, indicates the facilities requlred
for produc:tmn of the full-sized development composite wing, The basic

philosophy is to provide an efficient work flow incorporating process flow

techniques applied to production, but minimizing expenditures for capital -
equipment. '
The basic elements of composite manufacture, layup, cure, and trim will be -
controlled in accordance with production speeilfieatiien:s_. The shop layout
i allows for prepreg material s-to.fage in freezers kept at -18°C (0°F) and
i . mmetalli¢ parts storage in a stockroom adjacent to the incoming receiving
225
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- FIGURE 8-1. COMPOSITE WING DEVELOPMENT FACILITY

area. Froth the raw material storage area, the broad goeds and tape are
diverted to the layup area ih gquantities to be uséd in one application. Auto-
matic dispensing and trim equipment will need to be used to dispense broad
goods in guantity, not only for rea_éo_n-s of ph;ésical size but also because of
the repetition required to handle the number of plies in each wing panel, A
programmable waterjet could be used on a Gerber table for this task. The E
smaller subassemblies could be handled in a similar manner with shipsets
‘of ribs and spars layed up in advance of wing panels and stored until needed,
Each subassembly will be bagged in a silicone rubber blanket and tested for
lea.-k's before it is cured, '

The wing panels will then be moved into the oven for densification as .are the
gpars, ribs, and mandrels utilized for the intercostal buildup. Upon removal, J
the wing panels will either be returned to the layup room for final layup prior _ R
to final cure or stored in the holding room until needed. The holding room
will be chilled te 466 (-40°F) to ma.ihta;in or prevent premature curing.
Freezer storage will be required for Sﬁba'é's:éinbliés to be stored for longer

periods of time, including intercostal block mandrels and blade stringers.

Metallic parts to be bonded and cocured at the time of final assembly in the
autoclave will undergo cleaning in the surface preparation area. Precessing
requirements will include Pasa-Jell, vapor honing, and vapor degreasing for

parts up to 1 by 2 meters (4 by 7 feet) in size.
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Nondestructive testing of all subasvs'einblies_ will occur immediately after final
cure and removal of the part from the tool. Ultrasonic testing C-scan will

" be done using squirters and eatch;pans. In-motion x-rays will also be

Final trim of all cuvred composites after nondesfruetive testing wil) be .dp_ne

in a controlled area with a ventilation system utilizing lower than atmospheric
pressure and electrostatic filtration to collect dust particles. T'y'pi-ca.l trim-
ming equipment in this area will include 2 diamond saw, track-mounted

router, or tracer router tooling.

The final assembly area for the development program will allow for a vertical
assembly jig-and sufficient area for laydown of panels and s;pars_before and
during assembly, Sterage space for subﬂsSembiies and personnel equipment
will be allocated, High-speed drills to be used in fastening all subassemblies

will requife a vacuum collection system for dust particles.

The building design will also provide the full crane coverage to handle move-
ment of completed wing halves into shipping bucks and panels and spars from

work station to work station.

The basic philosophy of the development program would réquire a minimum-
risk approach to setting up 2 Wing Development Composite Facility, The
probable real-world situation in the 1984-1990 time peried would warrant the.

inclusion of the developmenrt win’g program into a com.posite maunu'facturi‘ng

~ of such a fac111ty w1th redundant expend1ture and duphca.tmn of the same equip~

ment by Douglas,

The. develeprnent plan facility reqmrements and an apprexrmatmn of their cost

are summarized in Table 8<1,
FACILITY REQUIREMENTS FOR A PRODUCTION WING

A facilities forecast for a production wing pregram should start with the pre-

mise that the utilization of cém,pésite "prinmar'y wing structare will be p‘receded

airframe,
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Table 8-2 shows a road map for McDonnell Douglas future plans for the utili .
zation of composite structures through 1990, Thié road map is the basis for
the facilities forecast shown in Figure 8-2, A normal production rate of one

aircraft per week was assumed.

TABLE 8-1
DEVELOPMENT FACILITIES COMPOSITE WING

 APPROXIMATE COST
] v L 1978 DOLLARS (1000)
BUILDING STRUCTURES 9,200 m? (100,000 FT2) ) 6.000
AUTOCLAVES 3,220
OVENS 195
FREEZERS ' 195
NONDESTRUCTIVE TESTING EQUIPMENT : . " 820
IN-MOTION. X-RAY
ULTFRASONIC €-SCAN
WATERJET EUTTER ON GERBER X-Y TABLE - A 789
METAL PREP EQUIPMENT ' A 175
VAPOR DEGREASER
HONING EQUIPMENT
METAL CLEAN|NG I.INE
PASA-JELL
TRIM EQUIPMENT 129
MAGHINE SHOP ] - 60
TOTAL 11,383
. TABLE 8:2
CMPOSITE APPLICATIONS ROADR MAP
ADVANCED
DE-10 TECHNOLOGY
- ) 7 STRETCH AIRCRAFT SHOAT HAUL
PROGRAM ATP . ag19 1988 . -
S R A T —
AFT RUDDERS CONTROL SURFACES NLG DOOR
COMPOSITE TRAILING EDGE PANELS
SECONDARY FAIRINGS
STRUCTURE L )
LONG DUET NAGELLE B
FLAPRS GEAR DOORS
L __AFT FUSEL-AGE SECTION
N _ FLOORBEAMSANDSTRUTS
COMPOSITE  VERTICALSTABILIZER
PRIMARY SR :
STRUCTURE HORIZONTAL
STABILIZER
WING
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In addition to the overall forecast, an analysis was made which considers only
the production of the primary wing box, Basic requirements for this facility
are shown in Table 8.3,

I__)up‘ﬁ-c—:_ate machines and equipment would be required where the capacity of
equipment used for development would not permit the attainment of the
assumed 1.0 per week rate and there automa-tibn cah be used in place of hand
layup. Also, peculiar processing equipment of the type and size necessary to
cure a full-size DC-9 wing would be procured to accommodate the larger pro-
duction wings; e, g., short-haul wings, 4.5 by 21 meters (15 by 70 feet),
would require at least a 6=« by 23-meter (20- by 75-foot) clear working area

in an auteclave and oven.

700~
A PULTRUSION MACHINE
600 wATER JET CUTTER:
o scan
, S00F  automaTioN
COMPOSITE " EQUIPMENT
FACILITY 400 : LARGE
AREA __ | & AUTOCLAVES
(‘10-3 FI'Z) 300
100F
1985 1990 1995
1980 YEAR - :
FIGURE 8-2. FACILITY FORECAST
TABLE 8:3
FACILITIES/EQUIPMENT REQUIREMENTS
DEVELOPMENT PRODUCTION
-  FACILITY - ~ FACHLITY
TQOLS 1 SET 4 SETS ,
| EauiPMENT WATEBJET SYSTEM 2 WATERJET S.YSTEMS
- NBI - C-5CAN ‘ADBITIONAL C-SCAN
XRAY L. _ X-BAY
_AREA - 9,200 m?2 (100,000 FT2)] 13,935mZ (150,000 FT2)_
MATERIAL | . corcocon P '
stosact | 2 F-RwE:EZERS- 4 FR~EEZERS‘
- CURING 2 AUTOCLAVES [ MULTISHIFT 1 scenarses
EQUIPMENT |. 2 OVENS ' . WORK CYCLE i

8-GEN-21966
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‘Recélviig and shipping of all composite nateFials will be hahdled and stored

in accordarice with applicable Douglas process specifivdtions.
Metallic parts will be stored in a stockroomi adjacent to the receiving arga.

Two <18°C (0°F) freszsts, 3.5 by 9 by 3 msters (12 By 30 by 10 fest) high |
will be dtilized for storihg incoming preprég matérial. One 6= by 21 by
3.thetet (20- by 70- by 10-foot) high —~18°C (0°F) freezer wiil be located
betwéen the layup and final assembly/curé aréas for storage of in=process
subassemblie;, |

Overhead crarie coverage will be. provided throughout the assembly areas to

handle movement of wing panels and esthpletéd wing box assemblies,

Fabrication of wing box subskins, stringérs intercostals, and ribs will be
accomplished in the productivn facility similar to the development facility

shown in Figure 8-1,

The same nondeéstructive testing équiprnent wilt be used for gquality assurance

as used in the déevelopment phase,

a-ux1hary power systems to mmxmme the po_tentml loss of power to all proc-
essing, storage, and curing équipment, resulting in loss of all prépreg

material,

All layup and trim areas will have environmentally controlled atmosphéres
as required by Douglas process standards and industrial standards for the
control of toxic particles. Specifically, all layup ateas will have dust-free
work areas with pesitive pressure ventilation systems. Humidity and temp-
eratiure controls are nece's'sary in all layup areas with specifications of 18°
to 27 +3 C (65 to 80°F 45 F) tempe rature and relative hum1d1ty controls
between 50 and 70 percént,

Trim areas: reqmre a shght negatwe pressure and electrostatic dust-collectmn

system,

Fma.lly, housekeepmg requirements should be of such a nature as to provide

~ a ¢lean room environment conducive to a goad working layup and cure area.
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SECTION 9
APPLICATION AND BENEFITS

The road map presented in Table 8-2 reveals McDennell Douglas Corporation
plans for extensive applications of advanced composite mate rials in future

commercial transport aircraft,

The short-haul transport scheduled for introductien in the late 1980s has been
selected as the most timely vehicle for compesite primary wing structure.

As indicated by the road map, extensive applications of secondary and medium
primary composite structures will precede the intreduction of primary wing

structure.

The short-haul transport configuration data include two or four wing-mounted
engines depending on the type of engine, an operator's empty weight of
58, 060 kg (128, 000 pounds), a payload of 16, 459 kg (36, 285 pounds), 177

single-class passengers, and a range of 6241 kilometers (3370 nautical miles),

Figure 9-1 depicts the best-estimate s+*2dule relationship between the com-
posite wing technology program: and the introduction of the short-haul trans-
port aircraft, In early 1980 to 1984, a management decision must be made in
order to market the short-haul transport with a composite wing structure and
to develop the advanced design to ithe level necessary to complete the detail

de sign fabrication and éssembiy within approximately 19 months following a
production go-ahead decision. This decision will have to be made on the basis
of Phase I technelogy and data acquisitions, supported by a firm commitment

that the other five phases will be carried out,

An analysis was made to determine fuel savings of the short-haul transport
with advanced composite structure oever econventional aluminum structure in
accordance with the read map, The analysis does not include any resizing of
the aircraft or engine éhaﬁge's to account for the reduced structural Weight.
The results of the analysis are shown in Table 9-1. The total weight saving
estimate of 4445 kg (9800 pounds) was derived from in-house experience with
secondary structare, proven results from the NASA ACEE DC-10 com@é-sit-e
rudder program, prelimi-narj findings from the NASA ACEE DC-10 composite
vertical stabilizer program, and the 28-percent weight saving reported herein .

for composite wing structare,
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FIGURE 9-1. TIMELINES OF COMPOSITE APPLICATIONS TO SHORT-HAUL TRANSPORT

TABLE 941
COMPOSITE BENEFITS TO SHORT-HAUL TRANSPORT

WEIGHT SAVINGS — 4,445 kg (8,800 L8)
FUEL SAVINGS — 7,690,000 LITERS (2,000,000 GALLONS)
COST SAVINGS (BASED ON 20-YEAR LIFE}

e 1977 FUEL COST — $768,000
¢ PROJECTED AVERAGE COST — 52,653,000
OR :
PAYLOAD INCREASE OF 4,445 kg (9,800 L8)
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SECTION 10
STUDY CONCLUSIONS

The study supports the conclusion that a composite wing technology program
must be undertaken by the ¢omme rcial transport manufacturer to accomplish
the transition from materials and practices utilized in current construction

to extensive use of composites in wings of aircraft that will enter service

" around 1990, Data have been developed to define such a program.

The list of acceptance factors compiled for the manufagtu_;:e r, FAA, and air«

lines provides a rational basis for an assessment of composite wing technology.

 The assessment indicates the need for a composite wing technology progrém

which contains the following provisions:

1. Development of technolegy and data to resolve the eight key issues

defined herein,

2. Design, tnanufacture, and test of flightworthy, certifiable, fuli.—s:_:ale
hardware encompassing a range of wing design features representative

of commercial transport aireraft,

3. Demonstration of go.m-posite wing technology to the extent that technical,
economic, operational, and pregrammatic risks are reduced to an

acceptable level.

4, In. service flight evaluation te _previ__de realism te _c_)_t'her pb;a_se s of the
progré.rm, and to demonstrate the'o.pe rational performance of primary

composite wing structure.

The c-:on.céaptu‘al design indicates that the goal of a 25- to 30-percent weight
saving is attainable for primary composite wing structure compared to con-
ventional aluminum -s-tr-u;eture, subjéct to furthe . limitations which may be

imposed as the eight key issues desc¢ribed herein are resolved.

A facilities and equipmeiit plan should be prepared with the realization that

the productien utilization of composite primary wing structure will be preceded

by extensive utilization of compesite secondary and medium primary structure.
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The utllizatmn of composxte primary wing structure in the 20th gentury on
comme rcial tranSport aircraft is dependent on the ccntinueﬂ NASA sponsorship

of a composite wing technology program,
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SECTION 11
STUDY RECOMMENDATIONS

A NASA- funded composite wing technology program is recommended to
exploit the potential of using advanced abmposite materials for aircraft
wings to provide a 25-percent weight saving with a 'promise of reduaced
costs throughout the life of the aircraft, These ﬁdvanﬁages can be real-
ized as expe rience and technology accrue and mass production reduces

mate rial and manufacturing costs.

Critical path technology programs should be funded as soon as possible |

_if the 198521990 goal for the introdg'Ctio.h of primary composite wing

structure on new aircraft is to be realized. The key issues which should

be addressed first to supply data and tech-nology in aAtimel‘y fa-":ion are:
A. Repair of m-ajér damage "

B, Impact damage (included in durability is ;-ue)

C. Da.:.im-ag-e tolerance design studies aﬁd tests

D. Innovative melding me.thod'ﬁ' |

E, Tooling methods for large composite structures

¥, Lightning prbte:cti'on.

The remainder of the durability key issues and the two other key issues

of crashworthiness and NDI method can be started later it Phase I since
sufficient basic data for these technologies are available to support early

preliminary design tasks,

The NASA Fiscal 1979 budget should iriclude funding to initiate contracted
technology development prbg rams with mnore than one airfratne manufae-

turer for application to composite wing structure,
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