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FOREWORD

This report is one of two prepared by the Lockheed-Georgia Company, Marietta,;
Georgia, for NASA-Langley Research Center

the Prediction of Cruise Noise and Laminar Flow Control Noise Criteria for

Subsonic Air Transports". D. L. Lansing

tor, and J. S. Gibson is the Lockheed-Georgia Project Manager.

This report documents the analytical studies of the program to (1) predict the

acoustic environment over the surface of

understand and predict the mechanisms whereby noise can cause the premature

transition of a laminar boundary layer.

which is a cruise noise prediction methods manual.

docﬁment defines the methods developed in

the' acoustic environment during cruise.

-

Y
under Contract NAS1-14946, "Study of

was the NASA Langley Contract Moni-
I
an airplane during cruise and (2) to
A companion report is NASA CR-159105

This completely separate

algorithm form for the prediction of
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The' overall objective of this study is éo develop procedures for identifying

exterior surfaces on laminar flow control (LFC) aircraft which are subject to

noise levels high enough to adversely impact LFC design and operation. To

accomplish this goal, four specific sgb—objectives identified are to (1)

develop general procedures for the prediction,of the noise levels incident

|
upon surfaces of future subsonic commercial air transports during cruise, (2)

i
to summarize and explicitly define all, the prediction methods in a Cruise

Noise Prediction Methods Manual,

(3) to define criteria for critical sound

Ppressure levels which may cause acoustically induced premature transition of a

laminar boundary layer, and (4) to make

further improvements in the noise prediction methods and the acoustically,

induced transition criteria. A summary

jf‘oﬁowing paragraphs.

|
f
o
|
|
|

The potential noise sources are divided into three groups, propulsion sources,

Cruise Noise lLevel Prediction Methods

recommendations which would result in

of these four tasks is given in the

i

airframe sources and laminar flow control sources. General requirements

.established for the noise prediction procedures are that 1) the levels are to

be in spectral, one-third octave and ove

to be 4 to 11,000 Hz, and 3) source directionalities are to be from 0° (for-

ward) to 180° (aft). Subsonic aircraft

variable.

frame.

The propulsion noise sources covered are the fan, compressor, core, turbine
and the jet.
treatment may be included in the turbomachinery noise predictions. Discharge

nozzle configurations include two-flow (short to co-planar), with or without

The propulsion and airframe

Noise control effects ofi inlet flow Mach number and acoustic

rall form, 2) the frequency range are

cruise Mach numbers and altitudes are
technology are of the 1985-1990 time

primary plug, or a completely mixed flow nozzle. The turbomachinery and core

noise are treated as point noise sources located at their nacelle emissioq

locations.

. -
The jet noise sources are treated as distributed noise sources ]

-—

X Xxi

I
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- ~—~Theée—predicbive—techniques—are—reggggastate=of=the=art—methodST——Some—ﬂevel-

_therefore, derived.
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opdent was required to cover the directionality and frequency ranges.

The airframe noise sources, for which prediction methods are developed, are
the turbulent boundary layer (treated as a distributed area source) and the

trailing edge (treated as a finite line source).

Thé laminar flow control system noise sources are separated into those which
;raéiate externally to the airframe froh suction unit inlets and discharge
dudts and those generated internally by the suction unit and the ducting sys-
,te@. Since the suction units operate on gas turbine cycles the external noisJ
!radiation characteristics would be predicted using the methods defined in the
:probulsion noise prediction methods section. Internal noise is capable of
5in€roducing fluctuating disturbances into the boundary layer through the slot;
;th% acoustic power generated by the suction compressor can be predicted using
propulsion noise prediction methods and {the noise generated by the typically
!low speed duct flow and its interaction with duct components appear to be low

ianq controllable. Methods for the prﬁdiction of the latter item are not,
1

] |
i
I

Thé basic predictions are at static or low forward speed and at low altitude

;and were free-field. Conversion to the cruise condition of high forward speeq
Iand‘altitude was accomplished by the introduction of the following transforma-
3ti§ns as appropriate for each noise source: 1) cruise effects on acoustic
fstréngth, 2) forward speed effects on acoustic propagation and 3) airframe
‘modifications tb the sound field. These transformations are presented or
Idefived.
'Exémples of these prediction procedures are presented.

I
Prediction Methods Manual \
:The prediction methods manual entitled "Near-Field Noise Prediction for Air-

ccraft in Cruising Flight" is a completely separate document, NASA CR-159105.

There all the noise prediction methods with their assumptions are summarized

v g X
A I
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- ——JandT—epricitIy-—defined.
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The'—methoq§§;pgyﬁﬁ;been—-organlzed——as——computat1ona1

algbrithms - which may be readily converted into computer programs.

Laminar Flow Control |Acoustic Criteria

‘The;factors and concepts that led to the development of the X-21A LFC/Acoustic
criteria are discussed.
l

Limitations in its inadequacy to account| for frequency and directionality are

overcome by a proposed semi-numerical method based on numerical solutions of]
the homogeneous stability equation. For|a specific LFC wing with a specified
suqtlon distribution, critical SPL spectra are computed for different chord

'locbtions and directionalities of the sound field. An application example is

‘shoyn. The more fundamental problem of how sound excites boundary layer dis-
turpances is analyzed by deriving an inhomogeneous Orr-Sommerfeld equation in
Ewhfch the same terms consist of production and dissipation of sound induced
fluctuatlng vorticity; numerical solutions are obtained for sound impinging at
iar'bIltr'ar'y angles of incidence on a seml-lnflnlte flat plate and comparison

;w1th measurements are made.

I
|
|
I
|
i

Recommendations for Further Improvements
ESpe:cif‘ic technology gaps and problem areas relative to both cruise noise bre-
|

diction and LFC noise criteria are identified.

‘The cruise noise prediction methodologies are based largely on acoustic source

. i
‘data acquired at sea level under static jor low forward speed conditions. To

confirm the validity and to increase theiaccuracy of the methods developed for
application to transonic conditions requires that analytical and test programs
‘be .conducted covering the following subjects.
1) Validation of methods through acquisition of high quality airplane cruise

‘ noise data in the presence of a laminar boundary layer and comparison

with predicted total noise data.

—_ PAGE NUMBER
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2) Measurement__of__nean_,fleld-—getij§ggﬁ§<Fﬁ%§001ated——broad——band-‘noise"frbmj‘"‘ -

|
.‘ model two flow nozzles at conditions representative of cruise and at:

FIGURE NUMBER

simulated forward speeds as high asépossible, together with an investi-

|

1

!

gation on the possible occurrence of | jet screech. i

' ', z

3)&4) Theoretical and experimental study}of the noise radiated by (a) turbu-

lent & layers and (b) trailing edge% immersed in high speed flows.
|

l
!

! .
5) Improved understanding of convective and dynamic effects on all noise

- sources and application of these concept to cruise noise predictions.

1
|

6) ' Influence of wing pressure fields, sdock waves and wakes on acoustlc pro-
‘ . pagation. ;

1
Feasibility of a transonic acoustic facility to study high speed effects

on individual noise sources and cruise transformations.

i Update the cruise noise prediction methods manual as improved prediction

methods become available, and ;

9) ﬁUsing the methods, determine cruise noise contours over candidate LFC

falrframe configurations and refereneF spectra. These should be updated

‘and included in the methods manual. ]

t
i
o
| i

The ?ecommendations for further improvements in the LFC/Acoustic criteria are

Aas féllows.
1

) 1
' B
)

|
_ i
1) An experimental program needs to be undertaken to improve the callbratlon i
j of the critical SPL spectra generated;by the semi-numerical method.
o '

2) {The sound induced amplification calculations achieved for the semi-

|infinite flat plate be extended to thé sucked airfoil case.,

s

i
b

i

1
1
3
|

I
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The pure tone sound induced boundary layer calculation on the flat plate

be extended to two and three pure tdnes with same and varying phases.
|

Numerical evaluation of boundary layer excitation by the sound scattered

from one and a distribution of suction slots.
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The impending long-term shortages of petfoleum-based fuel have resulted in a
growing urgency for improving the cruise %fficiency of long-haul subsonic com-
mercial transport aircraft. Also, seveqal recent studies of possible future

transport aircraft systems have highlighted the importance of aerodynamic drag

1-.0—GENERAL—INTRODUCTION
[LEUSTRATION TITLE

reduction to aircraft efficiency. Thes

the variety of drag reduction conceptsfwhich have been seriously analyzed,
laminar flow control (LFC) appears to offer the greatest potential for

improvement .

Basic theory,

engineering concepts, and design techniques relative to the

application of LFC have been generally

validity of this technology and the potential for LFC were partially evaluated

Ain!the 1960's by the X-21A aircraft laminar flow control demonstration pro-

‘gram.
: !

LFC in a realistic environment could be determined. However, one of the
‘%} 31gn1flcant problems of LFC design and oper-atlon was determined to be the

adverse effect of the aircraft's own n01se in causing premature laminar to

That program was terminated before the operational practicability of

turbulent flow transition.

The concern over noise effects in the X-21A program, Reference 1-1, and more
vreqent LFC design systems studies,
search effort.

better understanding and improved and more detailed prediction methods both

These studies pointed

foﬁ cruise noise prediction and for LFC

tive of this study is "to develop a procedure for identifying those exterior

aircraft surface areas of an LFC aircr

Reference 1-2, has resulted in this re-

l
|
|

é studies further recognize that, of

known for a number of years. The

out the need for the development of

acoustic criteria. The basic objec-

aft which may be subjected'to noise

levels sufficiently high to adversely impact the design and operation of an

LFC system."

I

‘This report consists of two main subject areas, which are self contained: 1)

cruise noise prediction methods, and 2) LFC acoustic criteria. The report has

a common recommendations section.

~——— .. — - separate—"Near-Field—Noise—Prediction—for—Aircraft—in-Cruising—Flight!

CR-159105 .

.} are presented in the form of a methods manual, which is the completelyI
NASA———-————-——

The results of the noise prediction study,

=] ]
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‘ ILLUSTRATION TITLE
In the area of noise prediction, advantage is taken of the considerable prog-

ress made in the last 10 years regardiné_the understanding and prediction of
propulsion system and airframe noise genération and propagation at low alti-
tudes and low speed. This provide the |latest state-of-the-art noise source
pre@iction techniques considerably in advance of those available, for example,
at the time of the X-21A program. Where prediction techniques are not direct-
‘ly gpplicable (because of the closeness of the distributed noise source to the
pre@iction location, as in the case oﬁ turbulent boundary layer noise and
ttrailing edge noise), limited data is‘ available to formulate prediction
schémes. A series of transformations are developed for conversion of these

1 !

noise estimates to the cruise conditions of high altitude and high speed.

The!proposed methods are aimed for application to airplanes introduced into
?er?ice around 1995. Thus, the predilction techniques are applicable to
advgnced engine and airframe technology; of the 1985-1990 time frame. The

hethods are generalized, e.g., wing mounted or aft-fuselage mounted engines

mayébe considered.
' 1

In the area of LFC/Acoustic criteria, the only sets of data available from an
éngineering application point of view are those developed during the X-21A
design, although a few ad hoc experiments on sound induced transition have
beeﬁ reported. Most of the X-21A LFC/Acoustic criteria data were derived from
turbulence induced transition data and therefore do not account for the spec-
frum or directionality of the sound field. In this report LFC/Acoustic cri-
Eeria have been developed based on two approaches. For immediate engineering
appiication, the X-21A criteria have been extended using a semi-numerical
method to include the sensitivity to the spectrum and directionality of the
souﬁd field. In the second approach, wiFh view to acquiring a more fundamen-
tal understanding of the process of sound induced boundary layer excitation,
an inhomogeneous Orr-Sommerfeld equation| is derived in which the source term
corresponds to production and dissipation of sound induced fluctuating vor-
ticity. Numerical solutions for the boundary layer disturbances are then
obtained for the case of a plane sound wave incident at an arbitrary angle of
incidence on to a semi-infinite flat plate with a Blasius velocity profile,

and  some comparison is made with a corresponding set of measurements.
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—— 2..0—NOISE—PREDICTION_METHODS

‘study is the identification of one type of airframe noise, as an important

_eruise noise source.

; |
. FIGURE NUMBER

ILLUSTRATION TITLE

2.1; INTRODUCTION

‘In fhe area of aircraft noise prediction; many advances have been made in the
las£ 10 years. In fact, some new noise sources have been recognized since the
X-Zj days! The recent emphasis in aeronautical acoustics has been on ensuring
’thaf commercial airplanes comply with the Federal Noise Certification Stan-
?darhs (FAR 36), which were introduced in{ 1969. 1In 1978, an amendment to FAR

‘36 breated even more stringent standards for new airplanes. Because of the

'severe impact of these standards and because of the many uncertainities in

0

noise source identification, a large effort has been made in recent years to

‘identify, and define in great detail, the acoustic characteristics of airplane
noi%e sources. In the area of propulsion noise sources improved ways of preJ
diqting turbomachinery noise (fan, compressor and turbine) have been developed
!and: are available; core/combustion noise has been identified and has been
iqua’ntified and some of the jet noise|components have been receiving more
atﬁentlon Some of these prediction techniques provide one~third octave band
fn01se level estimates (from 50 to 10, OOO Hz) over a wide range of directional

angles, however, of necessity, the angles of interest have been primarily in

»the vieinity of peak flyover noise. For this study, for the general predic-
tlon of noise incident upon an airframe!, all angles from 0 (ahead) to 1800
(aft) need to be covered. FAR 36 is applicable to takeoff and landing, with
‘airplane Mach numbers of about 0.2 which|has resulted in considerable interest
;coﬁcerning the influence of these lower; Mach numbers on acoustic generation

and radiation characteristics of the propulsion noise sources.

:Andther fallout of the FAR 36 requireﬁents is that airframe noise, at low
speeds, has become of concern as a significant contributor to airplane flyover

noise - in addition to propulsion noise|. The most important result for this

For this study, noise predictions are required at airplane cruise Mach numbers

between 0.7 and 0.9 and at an altitude of about 25,000 to 40,000 feet. Thus

PAGE NUMBER
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siderable transformatlon in order to be appllcable to the high speeds and-

altitudes of concern.
|
Statically, airplane acoustic environments are obviously controlled by propul-,

sion system noise sources. For low Speed (M = 0.2) and low altitude opera—‘z
]

tions, measurement and analysis studies have shown that for the earlier Jet,

powered airplanes, propulsion noise sources dominated both the terminal area

noise levels (frequently referred to as the far-field) and the acoustic
environment in the vicinity of the airplgne structure (frequently referred to

as the near- field) During cruise, airframe noise sources (roughly propor-

tional to V )can dominate at certain locations and the propulsion sources can
dominate at others, depending upon the a;rframe/propulslon ‘system configura-

tion. The requirement that more recent a&rplanes comply with FAR 36, Stage 2

noise limits on takeoff and approach has;resulted in newer, larger airplanes

Beihg powered by acoustically treated tur%ofan engines, which are quieter than

the :older turbo-jets, reducing the propulsion noise components. For these
QUieter airplanes the flow noise generated by the airframe noise sources is

:., much more critical. New airplanes must meet the more stringent FAR 36, Stage
.‘v 3 limits and future airplanes of the 1995 time frame will probably have to
meet even stricter takeoff and landing noise limits. It is considered that

the propulsion system for this time frame will consist of turbofan engines

(with single stage fans) contained in acoustlcally treated nacelles similar to
those on many of the current Stage 2 and Stage 3 airplanes. Turbine treatment
and an internal jet mixer nozzle might also be 1ncluded However, low takeoff-

n01se propulsion systems on takeoff do not necessarily mean a low cruise noise

propulsion system since new noise sourcesfcan be present during cruise. These
can be, for example, jet shock associated broadband noise and jet screech
which can occur when nozzles operate at éupercritical pressure ratios (which
does not happen on takeoff, but can happen during cruise). Further, cruise
spatial co-ordinate transformation and sound level convective effects change
the low speed directionalities and enhance the radiated noise in preferred

directions at cruise speeds. These acoustic aspeets are evaluated in this
study. ‘
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|
. _ . __Noise_measurements_ on—xhe—surface—oﬁ—g%gpggqes;ab—cru1se—cond1t10ns—have—beenf—— i
Ly 1 i

i
.3_ made and are reported in the 11terature. The measured data, normally at|

fuselage locations, at some distance from:the engines, generally indicate that
at those locations the turbulent boundary layer immediately adjacent to the]
micfophone dominate the microphone signal. Such data, in the past has been
able to yield little information concernlng the contribution of other, less
no1sy sources to the measured noise. Thus. the field of transonic (hlghi

altltude—hlgh speed) acoustics is relatlvely unexplored.
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| |
The noise incident upon LFC airplane surfaces during subsonic cruise may be

conyeniently treated as originating from Fhree major source groups. These are
the propulsion system noise sources - diEcussed in 2.3.3, the airframe noise
Sources - discussed in 2.3.4 and the| laminar flow control system noise
Sources, both internal and external - discussed in 2.3.5. These major source
groups and their sub-sources are listed in Figure 2-1. ‘Cruise conditions, at
whiéh noise prediction methodologies for;each of the component noise sources
are to be made, are typically in the ranée for airplane Mach numbers of 0.7 to
0.9 at altitudes from 30,000 to 50,000 fk. Other disturbance sources, which
although not strictly acoustic, but whicﬁ can occur and which are reviewed in
this report include the structural vibration of skins and panels - which is
inciuded in the airframe section, 2.3.4,!and aerodynamic instabilities in the
floy control system - which is included in the LFC section, 2.3.5.
?

%In iall cases, the noise receiving location moves with the aircraft. The
methods are generalized so that any engine/airframe configuration may be eval-
uatéd. The general approach to noise prqdiction is described in the following
three steps. All of these steps are defined in detail and form part of the
ove?all prediction procedure.

‘a. Selection of Noise Component Prediction Methodologies. Each noise
)

; source was evaluated in context of 1985-1990 technology as to its
being a significant noise fource. The significant noise sources are
then individually treated as indicated in Figure 2-2. The first step
was to review the available prediction methods and then to select the
best method at the best data base, which might be static, or 1low

forward speed, whichever 1is appropriate to that particular source.

Where appropriate, the basic noise prediction methods are to be
current state of the art. Howéver, the method must be capable 04
predicting acoustic data over the desired directional and frequency,
ranges, If a satisfactory method was not available, then one was
formulated, based upon existing data. Where possible, prediction

methodologies are formulated for the more common noise suppression

devices, e.g., high Mach inlets|and duct acoustic treatment. All of]

-~ —the-predictive—techniques—are—empirical—in—natures

L
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Noise Prediction at the best data base - which might'be static or low

forward speed, whichever is appropriate to that particular source.

Transformations. The next step
tions which convert the initial
speed at altitude.
The first

formations. "cruise

i
includes altitude effects which
© field.

statice" at altitude.
tion"

the field.

cruise altitude and Mach number and is free field.
"aircraft configuration effects"

with the airplane design which modify the cruise free field levels to

these in the presence of the airp

Noise Component Spectral OutputI

put, at any specified location
band and/or discrete) from the se

conditions.

Determination of the total sound pressur

manner with their own unique prediction and appropriate transformation and
then combined to provide a total noise spectrum.
ffori the free field noise for evaluation in terms of laminar flow control
Eacohstic criteria described in Section ?. Should spectral or overall noise
pontours over the structure be required, then multi-point evaluation of the

:souﬁd field would be required.

i
‘ ‘

icomponent noise spectral 1levels be det
|

This is accomplished through three sets of trans-

The acoustic field predicted at this stage is an "equivalent
The second "forward speed effects on propaga-
includes forward speed effilects which change the directivity of

At this stage the acoustic field is for a single source at

consists of a series of transforma-

predictions to those of high forward

effects on acoustic characteristics"

change the acoustic power of the

The third,

includes those features associated

lane.

at a Single Point. The final out-
is the spectral noise level (broad-

lected source at the specified cruise

e level requires first that all the

ermined in the previously described

This is the required format

k-

k4
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2.3}1 Literature Review

!

Over the past 20 years a vast literature

acohstics of flight vehicles. The literature encompasses the range from noise

' | . .
'measurements of total airplane noise and

the development of understanding of n013e generation and control and to the
formulatlon of noise source prediction methods. Much of the earlier efforts
were directed at the near field problem Jnd was concerned with determlnlng the

external static and cruise noise environment (acoustic loading) over aircraft,

missile and rocket structures in order

- vibration, sonic fatigue and acoustic transmissability. The dominant noise
-

:sou}ces were frequently turbojets, rockets and aero-acoustic loadings from
!

!Exapples of prediction method summaries| of this time era are presented in

lRefkrences 2-1 and 2-2. However, many

airframe aerodynamic interactions.

!

;largely with a limited frequency range (

i
\

i

| | .
'The' most recent comprehensive review ofi methods for estimating aeroacoustic

Jtiofnality. Further developments and refinements of these approaches are pre-

sented for example in References 2-3 through 2-7.

1

loads on flight vehicle structures is th

‘tant new contributions here are  in the

]
+

J

’recpmmended for jet mixing noise from two flow engines and for jet screech.

‘Although these previously mentioned aspects remained an on-going problem, the

‘emphasis changed in the late 1960's to

;that of community noise and airplane compliance with noise certification regu-

‘the effect of low airplane speed on the contributing noise sources and the

lation requirements which were introduced in 1969. Areas which then started
.toéreceive intensive attention included the noise source identification of]

{
'high by-pass ratio engines (over a wideq frequency range and directionality),

contribution of airframe noise to airpla

! t
'to the prediction of current and advanced propulsion noise sources (turbo-

| PAGE NUMBER

has been generated in the area of the

the noise of contributing sources to

to evaluate the problem of structural

‘ of the proposed techniques dealt!

}n octave bands) and a limited direc-

at of Reference 2-7. The most impor-

area of jet noise where methods are

the far-field noise problems, namelﬂ

ne flyover noise. Methods applicable

I

2
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machinery, core, and jet) are summarized in References 2-8,' 2-9 and 2-10.
Although oriented towards far-field prediction, many of these methods are
directly applicable to near field propulsion source estimation. Recently,
these methods have been further refined as described in the body of this
report. Further, flight effects on noise sources and airframe noise have
recently been very active fields of acoustics research and are discussed in

detail in this report.

For application to the current problem of developing methods for the estima-
~tion of the acoustic environment over an airframe surface during cruise, some
of the methods are based largely on the older methods (for example, jet mixing
and jet screech), but where there have been recent advancements (for example,
turbomachinery, core and Jjet shock associated broad band noise and forward
speed effects) the latest available state-of-the-art methods which have
evolved are used. Some methods have been further developed in this report,

(for example, turbulent boundary layer and trailing edge noise).
2.3.2 Near and Far Noise Fields .

In the prediction of the cruise noise acoustic environment over an airframe,
the locations of interest are frequently in close proximity to the noise
source. Further, the noise source is often an extended source and not a point
source. The acoustic field may be divided into three regions. Starting from

locations far from the source, these regions may be described as follows:

a. Very Far-Field. Here at large distances from the source, a distri-
buted source can be treated as a point 'source. This region is called
the radiation field and consists of true sound, p, in whiéh the in-
verse square law holds, é.g., p « 1/r, or pZ'Ck 1/r"2 . ~In this
region source to location distance, r, is greater than the source
dimension. Further, over small distances the aéoustic propagation may
be regarded as plane wave propagation, hence, the acoustic pressure,
p, and particle velocity, u, are in phase and are related by p/u = Pc

where Pc is the characteristic impedance of the propagation medium.

11



I
FIGURE NUMBER

H

ILLUSTRATION TITLE
In these prediction procedures, noise sources falling into this cate-

gory are, the fan (forward and aft), compressor, combustion, turbine,

and jet screech, from either the Propulsion or suction unit systems.

Close-in Far Field. Here at smaller distances the size of the acous-
tic source is important and it can no longer be regarded as a point
source. The acoustic radiation! from each source element obeys the
inverse square 1law, however, thé distance from each element to the
desired location is different. [Consequently, the inverse square law
does not hold for the total radiated noise. However, the total acous-
tic pressure may be computed knowing each element acoustic power,
spectrum and directivity. Some |examples are discussed in Reference
2-11, shown in Figure 2-3. The upper example shows that for a finite
line source the noise increases at a reduced rate of 3 dB per doubling
of distance at distances less than (source length)/q{. The transition
from the 6 to the 3 is actually a smooth, not a sudden transition.
This example is applicable to the calculation of noise radiated away
from a finite trailing edge, whoqe source strength is essentially con-
stant along the edge span. Similarly for a uniform finite surface
radiator (such as the distributed boundary layer over a surface) the
transition also occurs at approximately a distance of (source length)/

¥

and in this case the noise levél becomes constant with reduced dis-
tance, until the acoustic near fileld is reached. The turbulent bound-
ary layer is a noise source which could be approximately represented
by this example. For fan noise; radiated from the engine inlet, the
1/r2 field is obtained at distances greater than the (fan inlet dia-
meter)/g y Which in practice is greater than about 2 to 3 feet. Thus,
for all locations, fan noise ma; be regarded as originating from a
point source. Similar argument apply to aft fan, compressor, combus-

tion, turbine and jet screech noilse radiation.

Recent calculations of jet mixing noise propagation, Reference 2-12,
show a similar effect. Far away from the jet (r/D > 30, where r is
the distance and D is the nozzle diameter) the inverse-square-law is

followed. At smaller distances the measured change of noise with

i
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FIGURE 2-3. NOISE PROPAGATION FROM DISTRIBUTED SOURCES
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distance diminishes. Calculated sound pressure (calculated from the
estimated noise source distribution in the jet, its local frequency,
its local 1/r2 and its local directionality) agree very closely with
the measured noise. The method employed in the jet mixing noise pre-
diction procedure in this report is basically a scaling method. This
newer method requires more evaluation to determine if it is an

improved prediction method.

Near Field. A completely different effect occurs very close to the
source. Here, for small distances from the source, in thé reactive
part of the sound field, "pseudo-sound" exists. This is a pressure
fluctuation associated with fluctuating mass flow movements of the air
which falls off at -least-as the inverse square of distance, e.g.,
px]/rz. Very close to the source, pseudo-sound dominétés over the
true sound. Where these effects start is a function of source type
and frequency. For a simple source, or monopole, it can be considered
to begin, for practical purposes when kr = 1 (where k, the wave num-
ber, = A/¢). For a dipole and a quadrupole the boundary is at kr = 2
and 3, respectively, see, for example, Reference 2-13. The relation-
ships are presented in Figure 2-4 which defines, for practical pur-
poses, the near and far-field regimes. , The significance of this
division is that where as in the far field all the acoustic pressures_
from all the source elements obey the 1/r relationship, in the near-

field the pressures increase at different rates.

It can .be seen from Figure 2-4, that the near-field extends for a
greater region for a quadrupole than a monopole, and for lower

frequencies than for higher frequencies. Further within this near

field the fluctuating pressures associated with a quadrupole increase -

much more rapidly than for a m@hobole, Reference 2-14. Where this
situation could be important is very close to a jet (considered as
quadrupole radiation) or a"turbulent boundary layer (dipoles and
quadrupoles) especially at low frequencies. For example, at 500 Hz
this ‘effect becomes important at less than 1 foot from a quadrupole
type source. For an LFC airplane, an area of concern for this effect

of higher pressure fluctuation would probably be for locations
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effect is not considered any further.
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2. 3:3 Propulsion Noise Sources

Theépropulsion system most probably anticipated for the 1985 - 1990 time frame
is ? high bypass ratio turbofan type, with a single stage fan, installed in an
‘acoustically treated nacelle. The n01se sources associated with such a pro-
\pu131on system statically and at low forward speed have been studied exten-
slvely in recent years and are still undergoing research and evaluation. The
pse;of an advanced design propeller is also a possibility. The contributing
hoi%e sources are expected to be:

i
[

| Fan - forward and aft
Compressor

Turbine

Combustion

Nacelle case radiation
Jet

Advanced propellers

© o 0 o o o o

The above sources can give rise to discrete frequency and broad band noises

all of which have their own directionalities and have different parameter

depqndan01es. Therefore, each source requires its own prediction methodology.
|
i
{

'

The |following sections describe these noise sources and methods available for

thefr prediction are reViewed These methods have been generally developed
for ! the static case, which becomes the best data base. The influence of low
forward speed on these noise sdurces is istill being explored, but some pre-
llm;nary trends and conclusions are avalilable. However, basically, static
prediction methods have been selected. |The principal modification to these
methods is to expand the directivity to cover the full forward and aft quad-
;ants. It is anticipated that in the future these methods will be updated and

revised as more knowledge and understanding become available.

|
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- —At—cruise;—the—propulsion—system—; operates:;gg——different-conditions——thaxr—at

11infet and the fan discharge duct. It has been shown, Reference 2-15 through

‘atfthe tips, further discrete tones at blade passage subharmonics also exist,

radiated noise peaks at 120° to the inlet.

!
EIGURE NUMBER
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!

tak%off, where the acoustics are best known. For example shock waves will

proﬁably occur in the jet exhaust, a 'condition which will not exist at
&

takeoff, giving rise to jet shock noise. | It is even possible that, especially

at éruise, some new noise source may become evident.

Propulsion noise control features whose effect must be incorporated in a noise
prediction include:

"o High Mach inlets
; o Acoustic liners
o
;The:first attenuates fan and compressor |noise radiated from the inlet. The
.secbnd can be applied to all engine j|internally generated noise sources.
JCurrently, acoustic nacelles are designed for community noise control and FAR

36 | n01se certification compliance. However, if necessary, acoustic 1liners

'could be added or tuned for cruise noise [control. Methods, based on available
:data in the literature, were formulated| to estimate the source noise reduc-
;tlons (in directional and spectral terms) for both high Mach inlets and
|
{

acoustlc liner installation.

\
|
12 3'3 _Fan and Compressor - Fan and compressor noise are generated within

the engine by airflows interacting with the turbomachinery. Fan noise

igenérally dominates over compressor noise. It radiates from both the engine

!2-2h, to consist of discrete tones, occurring in the mid to high frequencies,
}at}the blade passage frequency and its harmonics and broad band noise centered

‘aropnd these frequencies. Should the fan blades be travelling supersonically;

known as combination tones, which only radiate forward. The fan is noisier in
the presence of unsteady flow, such as can exist statically. This can be an

additional strong source of noise which|diminishes as aircraft forward speed

;increases and which will not be present during cruise. Typically, at low

‘forﬁard speeds, forward radiated noise| peaks at 60° (5 the inlet and aft

—— PAGE NUMBER
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- ——‘0vei‘——bhe—l-as»t——twent:y—yea-rs—much—res,earch—and—-deve-l-oment-ef‘-f’or't-has—-been—ex=——-— -
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pended on the generation and control of"f‘an noise. Summaries of some of the

early work together with complex pr'edic'éion procedures are presented by the
woric reported in Reference 2-15 through [2-17. The NASA Quiet Engine Program
then served as a focal point for the application of this early low noise
‘turbo-machinery technology. This engine has a large single stage fan. Some
;diséussion and results of this program are presented in References 2-18
‘thr"ough 2-20. A fan noise prediction procedure, Reference 2-8, was developed
by 5Boeing and is an empirical method blased on the earlier formulations of]
lRefer'ences 2-15 through 2-17, and measuried fan noise data from JT3D and JT9D

engines.

!
|

A recent review made of fan and compressor noise was reported in Reference

:2-2f1. There an interim prediction method was developed and recommended for
!usev by- the NASA ANOPP Office. The method is based on the Boeing method of
Reference 2-8 and modified by results from the full-scale, static, single-
5sta&e fan tests of the NASA Quiet Engine Program, as reported in Reference
52-18 through 2-20, which encompassed high and low speed fans. It thus
'rep!r'esents a broader data base. The melathod explicitly predicts inlet duct
radiated and fan discharge duct radiated|noise in terms of the discrete tone,
'brog;adband, and combination tone noise components. The 1/3 octave band and
' jdir':'ectivity variations of these sources |are also specified. Thus, the total
’fan: noise at any spatial location receives spectral contributions from five
.Sub-component noise sources.
!
Theg method selected for the prediction| of unsuppressed fan and compressor
,noi;se is the method presented in Reference 2-21. The method is a logical
'evoJ.ution of the earlier methods and is correlated with the kind of fans

expécted for the 1985-1995 time frame.

!
‘The: method is directly applicably to single-stage fans and can also be used
for: two-stage fans and compressors. The basic prediction method consists of]
an expression for each of the five sub-noise sources giving the normalized
'peai( 1/3 octave band sound pressure level as a function of rotor tip relative
Mach number (operating and design). The |normalization parameter is a function

of the total temperature rise across the |fan stage and the mass flow. Correc-

E i e
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—‘f—t1ohs~to—the—pred1cted—ievets—areu@llo
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o FIGURE NUMBER

wed:

LX)

Jfor—1) presence of inlet guide

vaan, 2) rotor stator spacing effects,

be éero in flight operation) and 4) tone
é

The method is applicable to sea level sta

ly short, hardwall nacelle ducts, e.g., no noise amplification effects due to

blovn-in doors.

cut off.

3) inlet flow distortion (assumed to

tic operation and to clean, relative-

Thefonly modification made to the method was to expand the directivity, for

all five sub-sources, to cover angles f

made on a linear basis.
o

i
l

ThlS fan noise prediction procedure is fc

catlon. Fan noise is a mid to high freq
tor dimensions (inlet or discharge duct)

radiated wavelength, the inverse square

rom 0° to 180°. This expansion was

r far-field (community) noise appli-
uency noise. Since the source radia-
are similar to or greater than the

law will hold for distances greater

than the source radiator dimension}{w ~ which is about 3 feet or less. Thus

~—

each of 'the noise subcomponents may be| considered as radiating from point

sources located at the inlet or fan dischgrge duct as appropriate.

|

For | prediction of fan and compressor noise under cruise conditions the operat-
I

;nglperformance parameters appropriate tf that flight condition must be em-
plo&ed see Section 2.4.1. Since the noise is generated internally, airplane
forward speed is not expected to otherwise directly influence the generated

acoustlc power. However, aircraft forward speed does effect the external

propagatlon field, Section 2.4.2, and the coordinate transformation and con-
|

yective effect are included in the cruise prediction method. The resulting

acogstic free-field would of course be modified by airplane configuration fea-

tures described in Section 2.4.3. Should fan inlet and discharge duct acous-

tie: treatment be included in the nacelle !design the noise reduction at cruise

may be evaluated by use of the methods descrlbed in 2.3.3.7.
’ ‘ NVIE:

f — .
l The predlctlon method and equatlon are summar1zed ‘and defined in NASA CR- 15905
J "Cruise Noise Prediction Methods."

A schematic of the fan/compressor cruise

!
f noise predlctlon methodology is shown in. Flgure 2-5.
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- ————»2».- - ﬁ2—Turb1ne——-—The—n01se—gener-ated——lnter'nal1y—w1thm—the—-engme—core—and———
’l)_ : ILEUDIRALON TITHE
.'/ r'adn,ated from the engine nozzle in generally termed core noise. Core noise

hasiseveral contributing noise components, some of which can be reasonably
:weli identified. At low frequencies the noise sources are considered to be
the combustion process and fiow/surface interation noise, with combustion| -
‘noiée considered to be dominant’. At highofrequencies the dominant noise souce
is the turbine. Much work, both experlmental and analytical, has been. per-
formed recently to identify’ and quantlfy these noise components. In thls
study core noise is cons1dered %6 be made up of the low frequency combustion
n01se, discussed in 2.3.3.3, and the high frequency turbine noise discussed
in this section.

.

iurdine noise is generated by the core flow passing through the turbine; it
%radiates from the primary nozzle through the discharge efflux streams to the
observers location. It has been shown to consist of discrete tones, usually
.assbciated with the blade passing frequencies of the last turbine stage, and
broad-band noise centered at the same frequency, Reference 2-22 through 2-26.

|
Typically, the tone frequencies are high, being above 5,000 Hz. Statically,
(

.4} ;mealsur'ements show that turbine noise is dommant in the aft quadrant, peaking
!at about 120° from the inlet. :

!
jThe;i first comprehensive turbine noise study and proposed prediction method was
!tha%t of Reference 2-22. This method was further developed in Reference 2-8
:whié:h presented a more complete (semi-empirical) prediction method including
fpar'i’cial directivity and one-third octave|band levels. Further methods, based

!on pests and analyses, were presented in |{Refrences 2-23 and 2-24.

|
i
'

?A recent study of these turbine noise| prediction methods was reported in
,Ref‘j!er'ence 2-25; there the method of Reference 2-8 was recommended as an
intf,erim turbine noise prediction method for use by the NASA/ANOPP office.
'Sinjce then Reference 2-26 has been published and the proposed prediction
methods there are developments of those| presented in Reference 2-2U4 and are
fbasjed on further extensive test and analyses. They also circumvent the
icriticisms of Reference 2-25 which were lack of sufficient directivity and

fspelctr'a. Three methods are presented in |Reference 2-26. First a "Preliminary

| '\’\\

.\7— {Design" method which is shown to yield excellent correlation with CF6, TF34,
i |
——— _ g 1
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These—engines—have—the_kind-of__t
.HMSRAHONTHE urbines,

which would be expected to be developed for use in advanced engine designs of

the 1985 - 1990 time frame. It is referred to as the "Preliminary Design"
method because it is a little simpler and requires less knowledge of turbine
stage performance and configuration parameters and is more amenable for para-

P

metric studies. !

However, the method could be expanded to| the second or "comprehensive" detail
design method, which requires 1nd1v1dual turbine stage performance and
configuration data. This kind of detail design information is not easily

‘available and the increased accuracy at| this time is probably not required.

W

'Suqh a method could be used closer to ian actual airplane/engine selection.
Thé third method is the "analytical methéd" which requires even more extensive
‘tuﬁbine design details and, consequently, is even less applicable to the

present study.
o

|

!Thé method selected here for the prediction of static, unsurpressed, turbine

vnoise is the "Preliminary Design" method of Reference 2-26. The only modifi-
!
catlon to that method is in the area of directivity. That method covers

tangles from 20 forward to 170 aft; the directivity was therefore linearly

extended to cover the additional angles forward and aft so that the complete

range was from directly forward, ¢ = 0° ; to directly aft @ 180°. The method
ﬁtq

is not spectrally sensitive i. e., the same spectrum shape is held over the' >

' whole angle range. The prediction methqd and equations are summarized and

sideline aﬁ'é = 1200. Since it is a higher frequency noise radiating from an

defined in NASA CR-159105 "Cruise Noise' Prediction Methods Manual." The
Reference 2-26 methods also provide a meﬁhodology for the prediction of "hay
stacking" effects. This is the interact?on of the radiated discrete tones
with‘the ad- jacent frequencies. This p#ocedure could be included later, if

desired, but is considered to be outside the scope of the current effort.

T

This turbine noise prediction procedure is for far-field (community) noise

application. In the chosen method, th;e reference distance is on a 200 ft

f
area which is larger than its wavelength the inverse square law would be ex=
I

pected to hold to distances very close to the nozzle. Thus it may be regarded

~as a point source radiator. Application to close-in distances is achieved by

“use of "the—inverse—square—law-and—atmospheric—attenuation- |

/4

‘
—
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~are;1ncluded in the cruise prediction method The resulting acoustic free
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For]predlctlon of turbine noise under crjuise conditions, the turbine perfor-

manee parameters corresponding to that flight condition must be employed, see
,Secfion 2.4.1. Since the noise is generated internally, airplane forward
speed is not expected to otherwise directly influence the generated acoustic
power However, aircraft forward speed |does effect the external propagation

fleld Section 2.4.2, and the coordinate| transformation and convective effect

]fie}d would of course be modified by airplane configuration features as
deseribed in Section72.4.3. Should turbine acoustic treatment be included in
the;nacelle design the noise reduction at cruise may be evaluated by use of
Phe methods described in 2.3.3.7.

7noi§e, is generated by the combustion process, propagates through the turbine
end radiates from the primary nozzle, through the discharge efflux streams to
khe observer location. It has been shown to consist of low frequency broad

band noise which has statically, little dﬁrectlonallty

' )
%mopg the earlier detail reported combustion noise studies is that of

heference 2-27 dated 1972, which covered|small gas turbine engines and auxil-
&iar& power units. Thus only recently fhas data of sufficient quality been
bbteined from which a definitive prediction scheme may be formulated. Also in
:197? core noise studies and analyses were presented for a T-64 turboshaft
Engine, Reference 2-28. Application to large turbofan engines was considered
in heferences 2-29, 2-30, and 2-8.

i
' i

!
Reference 2-31 presented a recent survey on low-frequency core noise pre-

dlctlon methods, and recommended an 1nter1m prediction method for use by the
NASA ANOPP office. This method incorporates the sound power level equation of
Moteinger, Reference 2-28, but with the ;directivity and spectrum shape given
by Dunn and Peart, in Reference 2-8. Thils selection resulted from the general
ﬁac# of substantiating data among the candidate prediction methods and for its
eimblicity and use of engine parameters|that should be readily available to
theiacoustic analyst. Some uncertainty in the recommended directivity pattern

Was;expressed in Reference 2-31 based mainly on the work of Strahle, Reference

: w
3L3.3 Combustion - Combustion noise, the other dominant component of core

1
' 5 Jﬁé; ,2@3
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2-32. A peak frequency of 400 Hz is recommended if this method predicts a
frequency outside the range of 300 to 1000 Hz.

'Consequent to the recommendations of Huff, et al, Reference 2-31, both Pratt
and Whitney, Reference 2-33, and General Electric, Reference 2-34 and 2-26,
have conducted extensive work in the area of core noise. Both companies have
now developed and refined core noise prediction methods which should be a
considerable improvement over the previous interim method. These methods have
been developed from a substantial data base gathered from engine and burner-
rig tests. The PWA correlatidns and prediction model relies mainly on ver-
sions of the JT8D engine core. GE present two prediction methods. The first
is referred to as the "component" method and based on a correlation of their
parémetric test data. The second. is the "engine" method derived from the
engine data, Reference 2-34. The engine method is updated in Reference 2-26
with a new directivity for dual-flow engines. GE indicate that their "engine"
prediction equation provides good agreement, not only with GE data, but with
data of Garrett, PWA, Boeing, Rolls-Royce (RB211), and Allison (turboshaft).
Furthermore, like the "interim" method, the GE equation is simple and uses mor
readily available. engine parameters. The GE "engine" method and the PWA
method account for turbine transmission losses, while the GE "component"
method does not. Both organizations have compared the others' and their own
model to their measured data. However, the PWA methods does not appear to
checkout with the GE data, and similarly, the GE model does not fair well with
all the PWA data.

The GE "engine"}xnethod has been selected for the prediction of combustion
noise at sea level static conditions since it appears to be based and vali-
dated over a wider range of engine cycles~thén'the PWA method. This engine
cycle range includes those likely to be developed for 1985/]990 application. .
The selected prediction method prédicts the overall sound power levelsof the
combustion noise. A spectrum shape and directivity are used to convert the
sound power to one-third octave band sound pressure levels from 50 to 10,000
Hz and an overall sound pressure level at a specified point in the far-field
for free-field, lossless conditions. The directivity of this method covers
angles from 40° to 140° for dual flow engines and 10° to 160° for single flow

engines. For application to this study the directivities have been linearly

24



expanded to cover the complete fore and aft quadrants. This is the only basic

modification to that method.

This combustion noise prediction procedure is for far-field (community) noise
application. However, even for close-in distances it may be treated as a
point source radiator located at the primar§ﬂexit plane.

The prediction method and equations are summarized and defined in NASA CR-
159105 "Cruise Noise Prediction Methods." For prediction of combustion noise
under cruise conditions, the combustion performance parameters corresponding
to that flight condition must be employed; see Section 2.4.1. Since the noise
is generated internally, airplane forward speed is not expected to otherwise
directly influence the generated acoustic power. However, aircraft forward
speed does effect the external propagation field, Section 2.4.2, and the
coordinate transformation and convective effects are included in the pre-
diction method. The resulting acoustic free field would of course be modified
by airplane configuration features as described in Section 2.4.3. Should com-
bustion acoustic treatment be inc}uded in the nacelle design, the noise reduc-
tions at cruise may be included by use of the methods described in Section
2.3.3.7.

2.3.3.4 Nacelle Case Radiation -VNacelle surfaces, may be in close proximity -
to potential laminar's flow control surfaces. Noise from the turbomachinery
and combustion process can cause structureborne and airborne vibration excita-
tion of the nacelle surface which in turn can radiate noise. Noise levels
from this source have never been specifically identified and reported in the
literature; no .method is known for the estimation of such radiated noise

levels. Case radiated noise levels are therefore expected to -be low in- com-

parison with the noise levels of other sources. At this time case noise is _ ..

neglected.

.3.3. et - The term jel noise refers to the noise generated within a
nozzle efflux downstream of the nozzle exit plane. Jet noise can have three
sub-components. The first is "jet mixing" noise, which is generated by the
turbulent mixing of the jet with the ambient and neighboring fluids and is

always present. The second and third are present when the nozzle operates at

25



=

pl]
]

_(2.6@ e
T PAGE NUMBER S

!

i

{
FIGURE NUMBFR _

i DAY

' ‘ H
—"——sup?rcriticaT—pressure“ratfds—(y—TFSQQE@QQIWHEH‘BHUCk waves exist inm the jet

efflux, for example, in the case of a supersonic under-expanded flow. The jet
shoék noise components are broad band shock associated noise - which is gener-
ated by the convecting turbulent eddies interacting with the shock structure,
and shock screech - which is a set of discrete tones created by a feedback

loop between the nozzle and the shock structure. Should the exhaust flow be

‘fully expanded through a convergent divergent nozzle operating at its design

Mach number or pressure ratio then shock waves will not exist in the efflux
and?jet mixing noise only when be generat;d. The jet noise components must be
predicted separately since they have different spectral characteristics and
are generated at different locations in the jet. Further evidence exists that
ltheﬁ respond differently to forward speed and have different convective
amplification effects. For the propulsign systems expected to be of interest
ét fakeoff and landing the nozzle exit pressure ratios are subcritical, e.g.
1.85, and the nozzle flows are 1ocall} subsonic. During cruise for the
typical engine cycles expected the nozzlelflow characteristics are those shown
%ehématically in Figure 2-6. The perary nozzle efflux has the higher
yelbcities and temperatures, but has a nozzle exit pressure ratio less than
< 1}89 and hence has a shock free flow structure and is thus a source of jet
mixing noise only. However, the fan duct exhaust flow has a nozzle exit
pressure ratio greater than 1.89 and with the usual convergent nozzle the
efflux is thus underexpanded and contains shock waves. At any location, the
totél jet noise in cruise could, therefore, be made up of four noise compo-
nents e.g. primary mixing noise, fan-flow mixing noise, fan-flow “shock-
associated broad-band noise and possibly'fan-flow screech, as shown schemati-
éaliy in Figure 2-7. Methods for the prediction of these jet noise sources

are’ based upon noise characteristics and| flow fields of static jets. During

cruise the efflux flows (potential cores, mixing lengths) etc. could be

different resulting in different noise source distributions and characteris-

tiecs. These effects are not considered in the prediction procedures.

The. following sections describe the methods for the independent prediction of

the three jet noise sources.
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Jet Mixing Noise ‘

The mixing noise component is always pre§ent and is independent of the pres-
ence of shock waves. A review was mad% in References 2-6 and 2-7, of the
various prediction schemes available. Th% most recent review of Reference 2-7
concluded that the most promising predibtion of mixing noise from a single
flow jet, in the near field, throughout the temperature and velocity range is
that of Plumblee, et al., Reference 2-35. The prediction capability of this
metﬁod was shown to be superior to that of the scaling methods bf References
2-36, 2-37, and 2-38, all of which seem to inadequately consider the effect of
iemperature. The analytical methods of] Chen, et al. 2-39, 2-40, 2-41 and
Mae%trello 2-42 were also investigated and compared with experimental data in
Reference 2-7. The method of Chen, et at., is complex and shows the possibi-
iit& of large errors; at least 10 dB under some conditions. Finally,Reference
é—??indicates Maestrellos' analytical method, Reference 2-42, is not developed
Fo %he point where it is applicable to practical near-field preditions.

l

Thué, Plumblees method, described in References 2-6 and 2-35 is selected as
'

thelbasic prediction scheme. In this scheme the prediction model is based
upon extensive near field noise measurements of shock free jets. The jets
Weré static, model scale, single flow jets. The near field measurements thus
inciude the distributed nature of the noise sources within the jet and their
directional effect at different frequenciles. Further the method is valid over
a wide range of jet temperatures and velocities. However, the mathematical
modél is limited to the above test conditions and prediction of an overall
sound pressure level and acoustic pressure levels in three octave-bands
(although noise levels over a much wider frequency were acquired and are
breéented). Thus, extensive developmen% of the mathematical model was re-
quired to account for (1) an expansion of the frequency range from the three
octave band to cover the frequency range {of 50 to 10,000 Hz, (2) expansion of
the: directivity to include the forward quadrant, (3) co-axial nozzle flows,
kh)édifferent nozzle configurations, e.g., short, 3/4 or full length fan cowls
éndl(S) airplane forward speed effects. |[These modifications are discussed in

the;following paragraphs.

t
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- ——QTo—éxpand—the—freQuency—range—of—the—stat1c—51ng1e—flow —jet—the—recommendation;

CEUSTRA U

;ofIReference 2-7 was followed, which was that the four wide frequency non-

‘diménsional spectra, derived in Referenke 2-36 (which are based upon near
‘fieid noise measurements of a full-scale, jet) be used. These spectra refer
to four spatial zones in the aft quadrant. The appropriate shape is then
fit%ed to the overall and three octave, band points derived from Plumblees
method. The spectum shape in the nozzle {exit plane, X/D = 0, is also assumed
xto apply in the forward quadrant. This!method can be used directly for the
predlctlon of near field noise from statlc single flow jets such as a fully
mled flow.
|

;o Pevelop the above method for application to a dual flow jet the empirical
fproéedure of Reference 2-8 is incorporated into the above prediction scheme as
}ecommended by Reference 2-7. This method was developed mainly from model,
:cold-flow experiments and is strictly | applicable to the far-field noise
prediction of dual-flow jets. It is assumed to apply to near-field noise

Elsp. The approach is, first, to calculate independently, the sound pressure

levéls of the primary and secondary jets using the above single jet method.
ﬁovaer, the primary jet noise is modifiep by a ﬁ&dB correction to account for
@he relative velocity effect due to the presence of the secondary jet flow; in
éaléulating the noise of the secondary jet, the mass flow-rated average values
pf %he primary and secondary jets are used as the flow parameters. The sum of
these two noise levels yields the total|dual flow static jet noise level at

1
?ny specified location. With this approeach, the effect of aircraft forward

i

motion is restricted to the secondary flow.

Plug nozzles are considered in the present prediction by adopting the far-

fieid method developed by Stone 2-43. |This method involves a correction to

the| overall level and a frequency shift as a function of nozzle geometry. It
is éssumed that these corrections developed from far-field data also apply to

the‘near-field.

!
EorWard speed has been shown in many model tests, References 2-U44, 2-45 and

pthgrs, to significantly effect the acoustic power output of a single flow jet
ro _
at low forward speeds, e.g. up to a Mach number of about 0.2. The test re-

Sults show that the static overall sound pressure levels are reduced by an

o | kDS
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'amohnts to some 24 dB.

The jet mixing noise

l
1

I
1 FIGURE NUMBER

amount—which—is—proportional—to—jet—relative—velocity—raised—to—a—power

1M USTRATION TILE

betﬁeen 5 and 6. These reductions are, approximately, applicable to all fre-

quehcies at all angles. Figure 2-8 shows the relative velocity reduction,

usiﬁg a 5.5 component, for aircraft vel%cities up to the range applicable to

cruise. It is seen that direct applicqtion of this low speed relationship
|

predicts a very considerable cruise noise reduction. For example, with the

jet velocity, V held constant at 1300 {ft./sec. the forward speed reduction

J,

In the computation of two flow jet noise|the relative velocity effect is con-
§idéred to occur twice e.g. between the primary and the secondary flow and
betWeen the secondary flow and the atmosphere. Appropriate relative veloci-

.
ties are used.
|

;n the applicable transformations to acoustic characteristics at cruise, rela-
tiv? velocity is included as described; it affects both the level and the
Efre%uency. The noise is related to the ?et structure which exists statically
and| does not allow for any flow changes which might occur due to cruise opera-
ﬁio;. Operating conditions and acoustic‘impedence used are those at cruise.

The;forward speed propagation transformations include the co-ordinate trans-
for@ation (using the different source frequency locations) and the dynamic
:efféct, since jet mixing noise is a distributed source. The convective effect
is already built into the basic jet noise model of Reference 2-40. Although
the jet mixing noise sources move relative to a noise reception point on the
aircraft, implying a Doppler frequency shift none is used here since, follow-

ing: Reference 2-7 there is lack of experimental data to support its existance.

—— e

algorithm are summarized and presented in NASA CR-159105.

Shock-Associated Broad-Band Noise

i
The basic work on shock-associated broad-band was performed by Harper-Bourne
and Fisher, Reference 2-46. They conducted noise surveys of static model jets

containing shock flows in which the shock cell screech had been suppressed.

-— = e T T~ +

prediction procedure and equations and the computational ’A

31 . 31
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mathematical formulation of the phenomena was constructed. Later, a more
extensive study was conducted on supersQnic jet flows (again with the shock
screech suppressed) and reported in Reference 2-47. This work has been

recently summarized in Reference 2-48. Based on these measurements the

original theory of Reference 2-46, witm a few modifications, was verified.
this methodology has recently been adopted by the Society of Automotive
Engineers (SAE) as the recommended prediction procedure for far-field shocke
associated broad-band noise. The methodfpredicts the broad-band directional
noise of a supersonically underexpanded |flow discharge from a static conical
nozzle. The shock flow fieid is assumed to be dominated by the first eight
'shoék cells and the resulting noise is dominated by the turbulence-shock
interaction. It does not include any contribution from shock-cell screech.
‘Theimethod assumes a point noise source located at the nozzle exit plane. For
é static Jjet, levels of shock-associated broad-band noise increase rapidly
with efflux flow Mach numbers above 1.0, Lnd exceed those of jet mixing noise,
%hiéh is also present and is unaffected |by the presence of the shock waves.
‘The| spectrum peak frequency is related| to the nozzle pressure ratio which
bon?rols the shock spacing. Increasin% pressure ratio increases the shock
spacing which decreases the spectrum peak frequency. The spectrum shape is
broéd-band in nature with steeper slopes {than for jet mixing noise. The noise
'hasivirtually omni-directional characteristics.
B

Theéabove method is the basic method selected for the prediction of static
éhoék-associated broad-band noise at cruise. Developments made were: (1) the
Speétral frequency range was expanded to cover the 50 to 10,000 Hz range
(which was accomplished by a linear extrapolation of the spectrum éhape) and
(2):the directivity was expanded to two {complete quadrants (which was accom-
plished by a linear extrapolation of thg 5vailable directivity). Application
of the method to a single flow exhaust 1is straightforward. For a two flow
nozzle configuration the sound pressure levels are related to the nozzle areas
yhose flow contains the shocks while theco-ordinate system is related to the
6uter diameter of the shock containing flow. The prediction method is basi-
éally applicable to the far-field with the noise source considered located at
the nozzle exit plane. Some measured ;"close-in" far-field noise data was

available'and the method was used to predict this data. Reasonable agreement

9,
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‘} “close-in" far-field noise is needed. i

|
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The§ effect of forward speed on shock-qssociated broad-band noise has been
experimentally investigated on model jets contained in low speed co-flowing
‘jets, References 2-49 and 2-50. There | appears to be no relative velocity
effect on was identified such as appears in jet mixing noise. However, a
‘conyective effect was identified, oni overall sound pressure, and is
'[1/%MA cos é;))]u factor applied to directionality.

In the applicable transformations to acoustic characteristics at cruise rela-
‘tive velocity does not effect the levels or spectral“peak frequency. The
noiee is also related to the jet shock structure which exists statically and
‘does not allow for any changes which might occur in the shock structure due to
;cru%se operation. Operating conditions and acoustic impedance used are those

at cruise, Section 2.4.1.
|

Theiforward speed propagation transformations include the co-ordinate trans-
.4} ;for@ation and the convective effect. The same convective effect identified at
how!forward speeds (corresponding approximately to MA = 0.2) is assumed to|
holc for the much higher cruise Mach numbers. This noise source is currently
predicted as a point source and so theTe is no dynamic effect. Since the

'source is fixed relative to a noise reception point on the aircraft these is

.no Doppler frequency shift, Section 2.4.2.

— -

The shock-associated broad-band noise prediction equations and the computa-

tional algorithm are summarized and presented in NASA CR-159105.

Tt e e e el

1 Two examples of computed shock-associated broad-band noise at cruise are shown

in Figure 2-9. Both spectra are at a wing location, the upper due to a wing

mounted engine, the lower due to a rear fuselage mounted engine. '

T s

Shock Screech Noise

Shock screech is the second shock noise | component which can be generated by

‘;‘~ Jjet” flows containing shock waves, e.g. |supersonic underexpanded jets. The

S
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- -~—screech~has—the—form—of*intense—disgsgggﬂgppgggconststing—bf" —fundamental—and;

its?harmonics. This noise is generated|in addition to jet mixing noise and
broad-band shock-associated noise. This§noise was first described by Powell,
References 2-51, 2-52, and 2-53; it appears to owe its origin to a feedback
mechanism between the shocks and the nozzle 1lip, and it has been clearly
idehtified on model nozzles. Under the%e conditions it may be suppressed by
inserting small projections into the flow from the nozzle lip or by covering
the nozzle 1lip with acoustically absorbtlve material (which reduces the
‘strength of the feedback mechanism). Then the radiated jet noise consists of
mixing and shock associated broad-band £01se, and the majority of acoustic
studies on supersonic jet flows are made under +these conditions. Some
hutﬁorities state that the phenomena seldom occurs during flight on ah aero
§ngine configuration because the flows in the vicinity of the nozzle are too
unsteady to permit the feedback to become established. TIts existance during
#ruése is documented in References 2-54, 2-55, and 2-56 where the engines were
of @he low bypass ratio type. 1In Reference 2-55, structural damage during
Eruise is attributed to screech. Shock screech is believed to have been pre-
pent-during some of the X-21A flight testing, Reference 2-57, where the engine
%asla pure-jet . However, there are a Lreat number of aircraft powered by
varlous types of engines where its presence is not reported. Whether screech
w111 occur on engines considered for thel 1985-1990 time frame (probably high
by ;pass ratio engines) is not known. Thus, it appears that should shock
Ecréech be present there is the possibility that it may be eliminated by some
nozzle redesign. However, there are no available criteria available to define
thelonset of shock screech in terms of nozzle configuration and flight condi-
tioﬁ.
|

A review of methods and data available for the prediction of shock screech was
reported recently in Reference 2-7. Basep on References 2-51 through 2-56 and
the extensive near-field noise measurement surveys conducted on static single
flow nozzles operating in the "screech'mode," References 2-58 and 2-59, a
method was developed in Reference 2-7 forithe prediction of shock screech. The
screech frequencies, fundamental and secohd harmonic, were predicted using the
equétions of Reference 2-55, which include a forward speed effect. The abso-
lute levels were obtained from the measured data of References 2-58 and 2-59.

The screech noise levels may be neglected| for nozzle exit pressure ratios less

. o}
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- —than—2+0+—Scaling—was—a 14- —on—an—area—basis-—No—criteria—were_pre-
‘ ' ! 0 ing ccompllsheflLLLgmA”ON pea No—e¢ were—pre
.} senFed to indicate whether screech is present or not therefore it is recom-

mended that the predicted noise levels be regarded as "upper bound" levels.
The§ noise source is considered to be a|point source located 3.5 shock cell
lengths downstream of the nozzle exit |plane. The directivities for the
.f'unfdamental and second harmonic were based on Powells lobed directivities,

iRefference 2-51 and 2-52, and centered on |{the source location.

' | ]

iThe. above described method was selected as the basic prediction method f‘or'!
' !

‘shock screech. Developments included simplified equations to describe the
directionality lobes. Application of the method to a single flow exhaust is

i .
;straightforward. For a two flow nozzle configuration the sound pressure

]leﬁels are related to the nozzle area whose flow contains the shocks while thJ
;co-:ordinate system is related to the outer diameter of the shock containing

3 flow.

Experimental studies of forward speed effects have recently been reported in

i Reference 2-49. The study was conducted on a 32 mm diameter circular nozzle.

‘4} iLov;q forward speed simulation was achieved by locating the nozzle in a larger
t

Jco-;f‘lowing low speed jet. Statically, screech was identified to the fifth

har}monic, with the second harmonic being|the strongest. The measured harmonic
inoi;se level are up to 25 dB higher than|the other jet noise sources - made up
'of  jet mixing noise and shock associated broad-band noise. The effect of
3f‘light (90 m/s) shows that the screech tones are reduced in frequency ancli
Er'elvative level. The use of the forward speed frequency equation gave the
grigjht trends, however, its use for the| prediction of absolute frequency was
1noti, entirely satisfactory. Similar comment on the inflight frequency trends
?aré reported in Reference 2-60.
L
fIn:the applicable transformations to acoustic characteristics at cruise the
~effect of relative velocity is included /in the frequency prediction but is not
inci:luded in the level prediction. The noise is also related to the jet shock
?stfucture which exists statically and [{does not allow for any changes which

'might occur in the shock structure due to cruise operation. Operating condi

' ti;ons and acoustic impedance used are those at cruise, Section 2.4.1.

<O

.

— PAGE NUMBER
I




i -~
! N

oA N ¢
FITCIVINGANN e R

-- .- oo — ‘
The-forward“speed_ptopagationutnansfqrmatipns—include~therco-ordinate"trans=+—— -

‘} T’f‘ormation and the convective effect. The latter is assumed identical to that:

shown for shoék—associated broad-band noise. Since this noise is considered"
| as a point source there is no dynamic effect. Since the source is fixed rela-
{ tive to a noise reception point on the aircraft there is no Doppler frequency‘

i shift, Section 2.4.2.

The shock screech noise prediction equations for frequencies, levels, direc-:

- tionalities and the transformations are presented in NASA CR-159105.

—— T ST T : M. Erg SR = ey B A i Be )R N —r

2.3.3.6 Advanced Propellers - Advanced propellers refer to propeller designs
ﬁhich are currently under model developﬂent and are proposed for application

higp subsonic speed airplanes. Conventional propeller powered airplanes are
limited to lower speeds. As currently configured these propellers would have
?pp%oximately 8 to 15 blades and during |cruise could be operating at super-
sonic tip Mach numbers. The blades could be swept and could have advanced
Fla?e sections. Application of this propulsion system to an LFC aircraft (for
bxaﬁple in a pusher-type configuration) ils a possibility, although not at pre-
,;‘43/‘ §en+; being studied. A very pr'eliminar'y'method for the prediction of cruise
heat field noise has been proposed by, Hamilton Standard, Reference 2-61.

However, this method only predicts overall sound préssure levels close to the

‘propeller plane. A method needs to be developed which would include spectral
'(diécrete and broad-band) and directional information. Acoustic tests of
model advanced propellers in wind tunnels have recetly been accomplished and
the data is being analyzed. One of the objectives of the analysis is to
‘develop a more realistic and comprehensive model of the cruise near-field
noise environment of an advanced propeller, although the directionality
emphasis is on noise radiated in the {plane of the propeller rather than
diréctly forward. When this method becomes available it could, if necessary,

be adapted into the present procedures as one of the possible noise sources.

In the meantime, if necessary, methods based on Reference 2-61 of estimating
the cruise noise environment could be developed. However, they would require

verification from the previously mentioned tests.

|
|
|
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.@- 2.3.3.7 Duct Acoustic Treatment ~ Commercial airplanes must comply with the
. |

appkopriate FAR 36 noise certification 'levels. Consequently, for new air-
plaﬁes entering service in the 1990 time|frame it can be anticipated that the
eng;nes will have some acoustic 1liner ! suppression of internally generated
noiée sources, e.g. fan, compressor, combustor and turbine. These acoustic
linprs could be optimized for either FAR 36 test conditions or cruise condi-
tiop's. The assumption here is that thel|acoustic liners are designed for the
éfor?er condition. It is thus necessary Ho evaluate the various liner acoustic
:performance under the cruise conditions. | These attenuations are then combined
_wit? source hard wall noise generation| characteristics to yield suppressed
jnoi%e characteristics at cruise. An acoustic liner generalized attenuation
1prehiction procedure is required which will include spectral and directivity
‘efchts.

|

1

In the literature a wealth of information exists on various aspects of acous-

1tic liner design. For the selection and or development of an engineering

!probedure two of the most useful reference are References 2-8 and 2-62. The
imetgods presented there are empirical'apd are based on extensive test data;
ifthey avoid the complication and expense of exact solution of wave propagation
’infa lined ducts. The attenuation predictions are experimentally corrélated
i
1witr the duct geometric and acoustic parameters and the duct Mach number. The
‘lingrs are assumed acoustically optimized at the critical terminal design
pon?ition. Thus details of the liner design parameters are not specified in

jthe;se evaluation methods.

Eo
1

The attenuation prediction method selected, with some development, is -largely

a simplified composite of these presented in References 2-8 and 2-62.

'
i

The method requires knowledge of the duct mean geometric, acoustic and aero-
dynamic properties, at the design and cruise conditions. The procedure can be
used to estimate (1) the attenuation peak frequency at cruise, (2) peak atten-
ﬁuatﬁon at that frequency, (3) the attenuation spectrum shape and (4) the

attenuation directivity.

24 "
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The terminology used in this section is:

Co speed of sound in duct at the design condition

C. speed of sound in duct at the cruise condition

fo liner.ﬁeak frequency at the design condition

fc liner peak attenuation frequency at cruise

H mean duct height b;;;;en opposite liner faces

L effective lquth of treatment in the duct (with allowances made for

fastening strips, etc.)

Md0 mean duct flow Mach number at the design condition

Mdc mean duct flow Mach number at cruise

S number of inlet splitter rings |

[0} angle from the inlet axis to the observer location

%} Waveiength of sound in the duct at the liner peak frequency at the
design condition

Ac waveléngthrof sound inithe duct at liner peak attenuation f;equencf

at cruise (= cc/fc)

The above information (except fc and Ac) are required to compute the liner

cruise attenuations.
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va Atténuation Peak Frequenc
: |

Based on Reference 2-62 the attenuation péak frequency at cruise is related to

the peak frequency at the design conditioh by

(

ll E_q = 1010-306 (Mg -Mg) )
* o .

—
t

,The}quantities fo and‘M° are required.

C
Attenuation Maximum Level
| |

! i .

'The important parameters are L/H, H/A and M. The effect of L/H on maximum
|

fatﬁenuation is shown in Figure 2-10 (for|M = 0 and H/A = 1.0). This curve is

derived from References 2-8 and 2-62. The curve may be represented by

;! N R T . . .
- - - - - R —

' 0.7 .
L} % 3-2
o /T

o _ TOE

- —

i

i -
! ﬂAdB(H/)\=1,M=O) =

'The effect of H/\ is shown in Figure 2—1]. The equation may be represented by

:‘ x |
I adB _ [3]4-5! 3-3 |
lAdB H/x=1, m=0) A J -

The effect of duct Mach number is shown in Figure 2-12 which may be repre-

,sented by Al — | -

.

Since Equations - 3-3 and 3-4 are multiplying factors on Equation 3-2, the

general expression for the maximum attenuation is
|

| 0.7 -0.6 s
c == . E ) . E ’ . Mc - H ]
, - Jaag =10 [H] [A] {1.7. _2.[2 - 'X];f'

»,\_\-‘ . N -t n . v oLt
7 ‘ . . e N _‘_._',___d-,_...“.' — - -
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'/‘} At cruise the maximum attenuation becomes:

by . L 0.7 H -0,.6 { i MC { H]} ' 3-6
. = o= . — - — 2 - !
. AdBm'c 10 [H} [)‘c] 1 5 o :

__ . R -— - - -

‘where AE corresponds to the cruise peak ﬂrequency defined in Equation (1).
o ‘, |

At pruise the liners will be operating in a different duct acoustic character-
istic impedance environment than at thé design condition. The controlling
criteria is the ratio of the acoustic idpedance across the liner fgce sheet,
whi?h is the same at the design condition as at cruise. This change will not

therefore directly affect the liner attenuation characteristics.
o _ !
Attenuation Spectrum Shape

t

3Th4 spectrum shape (derived from mean, {References 2-8 and 2-62) associated

iwith the peak insertion is shown in Figurne 2-13. Its shape may be represented

‘/‘} jusijng cruise notation, by

!

Yw» _——— - el e L f e

; - i

5 l 1.3
: ‘ log — ,
z L J fe : 3-7
|~ 0.35
. AdBg = AdBp o - € ‘
Attenuation Directivity
There is a marked directivity associated with the peak attenuation. This

‘diﬁectivity for fan inlet and discharge {noise has been derived from the NASJ
Quiet Engine static test results reported in Reference 2-63 and has been
simplified to the trends shown in Figure 2-14. The directivities are

expressed as

7
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Inlet: I
; : AdB () [so -¢} { } |
i i < 600’ —_—tl = ] - X 0.1 (4-8) !
) s AdB, &0
or:

.m0 AAB($) _ 140 -¢ 3-8
| & > 80% Zam, 50
| T
o : T T
1 ’ .
i |
Exhaust duct:
* .
| |
Lo (- - S
for! - AdB(¢) $
| ! ° =
N $ < 130% TaE T30
P i
? 3-9

1 | ~ apo DAB(4) _ 205 =4
i $ > 130% FEE, T T

‘ ! ‘
This method can be used for estimating the acoustic suppression characteris-

I
?
i
|

tic% of current technology 1liners designed for the attenuation of fan,
pompressor, combustion and turbine noise. Should advanced technology lines be
used which have greater peak attenuations or wider bandwidths, these improved

1attenuations must be allowed for indepenqently.

1

B e Ty

The computation algorithm for the duct acbustic treatment evaluation is given
in NASA CR-159105.

2.3.3.8 High Mach Number Inlets - High Mach number inlets have been experi-

mentally investigated as a possible means of reducing fan and compressor noise

radiated from an inlet. The results of two such investigations, conducted

' statically on turbofan engines, are presehted in References 2-64 and 2-65 and

show high attenuations at higher throat Mach numbers. The noise reduction is
also strongly dependent on the rotor tip speed and/or engine power setting.
References 2-64 and 2-65 also show that the directional noise reduction is

reasonably uniform and thus it may be considered as non-directional. This
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attgnuatlons arising from inlet acoustic treatment.

Figure 2-15 shows design curves derived f}om the above data for typical engine
OASPL.

This may be applied evenly across the spectrum to give a uniform spectral

power settings. As an approximation, the [&APNL may be equated to a

. |
attenuation, at all angles. Thus the attenuation is independent of frequency

and observer location.

2.3.4

Airframe Noise Sources

i

{
Airframe noise sources are associated with the interaction between airflows
. |

and; turbulence convecting past rigid lairframe surfaces, edges and other

structural discontinuities. The turbulence can be that- present in the

incident airflow or that created by thel relative motion between the airflow

and; airframe surfaces. Turbulence is a|source of noise through two mechan-
Psm§. First, the fluctuating quantities (pressure and velocity) within the
turtulence give rise to direct acousticj radiation, as in jet mixing noise.
fluctuating forces (lift and drag) at

The

Second the fluctuating quantities cause

the surface; these fluctuating forces then directly generate noise.

strength of these latter noise sources |is related to the freestream dynamic
iheah, the magnitude and scale of the turbulent pressure fluctuations and their
int;raction with the‘adjacent surface or ledge. The resulting sound fields are
"dipolish"™ in nature and exhibit an acoustic pressure dependent on velocity,
raised to the power between 5 and 6. These sources are treated quite indepen-
dently.of the propulsion system noise sources. Until recently, investigations
;of;thése airframe noise sources were aimed at ensuring that structures could

withstand these near-field pressure loads and in determining their transmitted

fuselage internal noise levels. A more|recent interest has been from a far-

field aspect in which the integrated effect of all the contributing airframe
noise sources - at low aircraft speed and altitude - is to generate an aero-
dynamic noise floor for the airplane. These same noise sources contribute to

'the acoustic pressure environment over the airframe.

|
The possible airframe noise sources contributing to the acoustic pressure

AV

-----——gources -described—as-:

.environment over a current high speed

airframe during cruise can include

e
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disturbances convecting past whole. surfaces

disturbances convecting past leadihg edges
laminar boundry layers
turbulent boundary layers

separated flows, buffeting

oscillating shock waves
projections, antenna

cavities

outflow valves

impinging and deflected flows
disturbances convecting past trailing edges
wakes

[

vortices

0 O 0O 0 0o 0 0 0 0o ©0 o © o o

i base pressure fluctuations
i

Dur}ng cruise, aircraft are operated in a "clean" configurations e.g. landing

éeaf, flaps and control surfaces are not deployed. Thus these projecting
§urfaces and associated cavities need not be considered separately as cruise
noise sources. Prediction methods are }equibed for the above noise sources
whiéh will be significant contributors to the acoustic pressure environment
over the airframe in the cruise condition. First these sources will be

deséribed and ranked to determine their importance.

2.3.4.1 Source Ranking - The timeframe for the LFC airplane operation is in

the:1990's. Such an airframe design would incorporate all applicable aero-
dyngmic design technology and would be aerodynamically cleaner than present
day airframes. Thus, there would be no areas of separated flow and no base
pressure fluctuations; shocks on wings rould not oscillate; projections and
cavities will be designed out and outflow valves will be low-noise and located
in a non-sensitive position. Impinging}and deflected flows might occur for
example from LFC suction unit eihaust syskems. These exhaust flows would con-
tain comparatively little energy, however, a direct (non-impinging) type ex-
hauét would be preferable. The noise characteristics of a discrete vortex,
such as may originate from a wing tip or| other structural or aerodynamic dis-

continuity, is not really known except ithat the strength of these vortices

2
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The noise radiated by a boundary layer must be related to the fluctuating

quantities (pressure and velocity) wi%hin that boundary 1layers. These
fluctuating quantities are much lower in a laminar boundary layer - if they
exist at all - than in a turbulent bounéary layer. For example, a technique
for identifying transition of a laminar #o a turbulent boundary layer is the
use of a stethoscope to monitor the irilcr'ease in wall fluctuating pressure
level in the vicinity of the transition location. This leads to the concluson
Ithat surface fluctuating pressures and ﬁence radiated acoustic pressures are
much lower for laminar boundary layers than turbulent boundary layers. Thus
the. acoustic pressure radiated by an area of laminar boundary layers is
5elieved to be low and may be neglected;| no method will be developed for its
prediction.

Noi;e producing disturbances convecting past whole surfaces and edges can in-
cluﬁe atmospheric turbulence and surface induced turbulence. Atmospheric
?pre;ipitation or insect (if insects exist at cruise altitude) impingement are
not;considered. The scale of the convecting turbulence relative to the sur-
fac? determines whether the acoustic so?rce is a whole surface source (large
scale and lower frequency) or a localized source (small scale and higher
freﬁuencies). Small scale atmospheric "inflow" turbulence can give rise to
}loc%lized "leading edge incidence fluctuation" noise. Boundary layers con-
’vec%ing past trailing edges, and the resultant wake, contain small scale
turgulence, which give rise to "trailing edge noise." Both of these dis-

turbances, if of a sufficiently large scale can cause "whole body" noise.
|

1

At this stage the remaining'airframe noise sources reﬁuiring evaluation are:
!
whole body

leading edge

turbulent boundary layer

o O o o

trailing edge

™ 75
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"}- The location of these sources can be on the fuselage, wings, horizontal or

vertical control surfaces. The boundary layer sources are distributed over
areas and the edge sources are distribut%d along lengths.
Some light on the relative magnitudes ?f these remaining noise sources is
presented in the analysis and experiment!reported by Sharland, Reference 2-66.
‘There the total noise radiated by an airfioil placed in a jet flow is measured.
Thegradiated noise level depends on yhetéer the airfoil is located in the jet
potential core (low inflow turbulence "qﬁiet") or in the fully developed part
of the jet (high inflow turbulence "noilsy"). Sharland estimates the above
lisFed noise component levels (he excludes the negligable laminar boundary
1ay§r) summates them and compares the total with the experimental measured
‘tot?l noise. He concludes that for the|conditions of high inflow turbulence
theidominant noise source is either whole body or leading edge. His equation
forithese noise components indicates a velocity dependency of Vuv2 where V is
{the!mean velocity and v is the root mean| square value of the incident turbu-
lent velocity fluctuations. 1In the absence of inflow turbulence, this equa-
.43/“ ;tiOli‘l would indicate that the whole body ?nd leading edge noise components are
absent. For the experimental case of the airfoil being located in the
pot;ntial core (reduced inflow turbulence) the whole body, leading edge and|
;trailing edge noise components were predicted to generate similar levels. His
equation for trailing edge noise indicates a V6 dependency and that the level
is independent of inflow turbulence. The trend is that if there were no
inflow turbulence the whole body and leading edge components are not present
anditrailing edge noise would dominate. | The noise component always predicted
to .radiate the lowest noise 1level was| the turbulent boundary layer; the
equation for this noise component has a V6 dependency. The tests covered
velocities up to 800 ft/sec. Spectra or|directionally of these noise sources

are not discussed. {
Further discussion of whole body and leading edge noise follow.
.Whoie Body Noise ~ When overall 1ift and| drag fluctuations, act in phase over

an entire airfoil then the whole airfoil can be considered as a point noise

7 :source. The noise source would be dipole in nature, withlthe 1ift dipole act-

= 5

PAGE NUMBER
!




! L 29

[ - '
EIGURE NUMBER ! 24/
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‘9‘ overall 1lift and drag fluctuatlons could be caused by (1) the airplane moving

through atmospheric turbulence, (2) wakes shed from the airfoil trailing edge,

and (3) wakes from upstream surfaces or propul;ion systems impinging upon or
. connecting close to downstream surfaces. For whole body radiation to occur
the wavelength , )\ ) of the excitation must be greater than the airfoil chord,

C [Cj,,_e.'g., A >f§, whlch means t.hat the exc1tat10n con31sts of large scale f‘1u1d

disturbances. For a wing typical chor'd of 20 f‘t., then \ > 20 ft. At cruise
conditions the speed of sound is 968 ft/sec, thus the whole body radiated
frequencies would be 1less than 50 Hz. For vertical and horizontal control
surfaces these f‘requencies would be higher. Based on plausible assumptions,

Sharland, Reference 2 -66, “estimated that the total acoustic power radlated\

- | frop_ this Hsourceﬂis_,_‘y, e -

5 I T s
| |y & \
40”61 ‘&

=7 SPAN

‘4}' where . 3

W = acoustic power.

h - [|]e|= ambient atmospheric density

C %': blade chord

V = free stream velocity

v = r.m.s. of turbulent velocity fluctuations

K| and (A'@= ambient speed of sound

Similar equations are presented by Hayden, References 2-67 and 2-68. The

directionality of this noise source is that associated with a free dipole.

e.g., sin2¢, where ¢ is measured from a plane normal to the axis of the force
in spherical co-ordinates. The turbulence intensity v is dependent upon the

turbulence source.

The principal concern with atmospheric turbulence is airplane structural
response in terms of large scale structural modes, e.g., whole wings, fuselage

and empennage. For detail descriptions of free atmospheric turbulence pre-

&
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VLUSTRATION TITEE
genérally, up to 10 Hz. This response %s important at lower altitudes where

large scale turbulence of sufficient intensity exists. The wavenumber

5/3) above about 10 Hz.

speetrum of turbulence falls off rapiﬁly (as f~
Further, atmoepheric turbulence decrease% in overall intensity with altitude.
Thds, it is considered that during ﬁigh altitude cruise the residual
atmospheric turbulence is of too large a scale and too low an intensity to
produce any significant whole body noisJ. Thus, acoustically the inflow air
may;be considered undisturbed, quiescent,:and non-noise producing.

During cruise the wing (with laminar flow control over the initial 75% of
Ehord) and empennage Reynolds numbers are high enough that the wakes are
turbulent. It is considered that they do not have enough large scale power to
indﬁce whole body noise, and that their effect is local in producing trailing
edge noise.

¢
|

Fro@ an aircraft design aspect it is unlikely that airframe surface components
Qili be in the aerodynamic wakes of other parts of the aircraft. However,
§ur%aces might be in propulsion systemlwake, an example being a wing/flap
immersed in an advanced propeller slipstream. This last case would require
seperate investigation and evaluation. 'Apart from the last case, it is not
jconeidered that noise will be generated through the whole body mechanism.

From the above considerations a prediction method for "whole-body" noise will
not be derived. If later it is considered that "whole body" could in fact be
an ﬁmportant source, the approaches and ideas described in Reference 2-66,

2-67, and 2-68 would be considered as a starting point.

As the scale of the aerodynamic excitaﬁion is reduced, so the fluctuating
forces over the main part of the airfoii cancel and do not radiate. This is
for the case of < C, which is for higher frequency noise. However, there is
non;cancellation at the airfoil edges (leading and trailing) at these higher
frequencies. Thus, whole body noise deteriorates to leading and trailing edge

. . . . . L
noise which are discussed in the following sections.

A o
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Leading-Fdge Noise - Leading edges become noise sources when the scale of the

external fluctuating fluid disturbances incident upon them is small compared

t

to the dimensions of the rigid airfoil, e.g.,X\< C. Then, dipole like sources

)
i

exist along the leading edge. These external disturbances can be either free
atmospheric turbulence, turbulence fromi upstream aerodynamic or propulsion

wakes or turbulence generated within an adjacent turbulent boundary layers.

I

During cruise, the intensity of small scéle freestream turbulence is expected
to be so low that it will generate extremgly low levels of leading edge noise.
By design leading edges will not be immersed in aerodynamic propulsive wakes.
For the case of an (advanced) propeller powered puller airplane, the slip-
stréam incident upon the leading edge could be a significant noise source.
Howéver this is probably not a practical LFC airplane design configuration.

|
At ﬁhe wing and empennage roots, the airfoil leading edges are immersed in the
%ur#uient boundary layers, developed over adjacent fuselage surfaces. This
cou}d lead to a localized production of leading edge noise, which might have
po Fe eventually considered. !

!
Thus, generally there will be very low levels of leading edge noise in con-
ventional designs and a prediction method will not be developed for leading
edge noise. Should a prediction method eventually be required the basis for‘
formulating such a scheme could be the|ideas presented in References 2-66,
2-67 and 2-68.

The two remaining airframe noise sources are:

0 turbulent boundary layer and

-0 trailing edge !

The above noise sources, for a clean advanced technology airframe, are con-
sidered to dominate the airframe acoustic pressure environment. Near-field
noise prediction methods are developed for these two sources in the following

sections.

1
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ﬁﬁggg?ggqﬁgg—most—obv1ous—of the——airframe

noise sources, but one of the most difficult to quantify, is the turbulent

bouhdary layer which covers large exte?nal surface areas of the airplane
fusélage, empennage and wings - except close to the leading edges and where
laminar flow control exists. The surface% do not include edges. A method for
the estimation of noise radiated away from a high subsonic turbulent boundary
layer which would include spectral direcpivity characteristics was therefore

required. A review of the literature wastmade to identify such a procedure.
' I -

l i

LitératUre Review - The acoustics of tuJbulent boundary layers has received
mucﬁ attention in the literature. Different aspects considered are: (1)
%hegretical mechanism of noise generation within the boundary 1layer, (2)
fluétuating surface pressure levels felt|by the surface over which the fluid
floﬁs, (3) surface structural response to|the turbulent boundary layer excita-
ﬁioﬁ (which is the problem of fuselage acoustic transmission), and (U4) theore-
tical analyses and measurements of the radiation of noise away from a turbu-
;ent boundary layer into free space. Generally the theoretical investigations
of the subject appear to be probing and speculative in nature, References 2-71
fhr?ugh 2-T7, the discussion revolving arPund the roles of surface dipole ver-
Sus ;volume quadrupole type (and reflected volume quadrupole) mechanisms which
traﬂslates into a question of whether the|velocity dependancy exponent is 6 or
6. EOne of the first theoretical papers, Reference 2-T1, shows after extensive

theéretical analysis, that no noise is radiated away from a turbulent boundary

layer of infinite extent. Tam, Reference 2-T72, showed that this was an erron-

éoué conclusion, created by a mishandling of an approximation, which stated

thaﬁ all space 1is incompressible! Many authors have concluded that the
yadiated level of turbulent boundary layer noise is "weak", without actually
evaiuating what it is. Other authors neglect it on grounds which might be
theoretically correct, e.g., it is small gompared to edge noise or wake noise,
but again without any absolute prediction of level, References 2-73, 2-75,
2-77, 2-78 and 2-79. Often the interest| is for low speed far field applica-
tion whereas in this study the interest i? for high speed and the close-in far
field. Much of the knowledge of the acoustics of the turbulent boundary layer
comés from the many measurements of the fluctuating pressure level at the sur-

face. Genepally,cf(éz = 0.006q or the amplitude of the surface fluctuating

‘-J

pressure is proportional to Vu. Models| of radiated noise are often built
1

ﬁ:j \:ﬁ?
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around the surface pressure term. The most useful models are those of
Lighthill, Reference 2-14, Sharland, Reference 2-66, and Tam, Reference 2-72.
Tams complex procedure predicts many of the parameters, however, at the lower
speeds it appears to overpredict the radiated noise (based on Wilson
measurements discussed later) and at the higher speeds it does not allow for
quadrupole radiation. Should the wall adjacent to the turbulent boundary
layer be flexible, then the panel - responding to the turbulent boundary layer
excitation - may, in certain frequencies, be a more efficient acoustic
radiator than theAturbulent boundary layer itself. What is missing is an
absolute validated, simple, prediction scheme for this noise source which
yields all the desired elements (acoustic power/unit area, directionality and
spectrum) leading to the prediction of acoustic spectrum at any point over a

wide range of velocities.

Although during many acoustic tests, the noise radiated by a turbulent
boundary layer is frequently a contributing noise component, it is rarely a
dominant noise source and thus can rarely be positively identified. In the
literature only two experiments are reported where direct radiated turbulent
boundary layer is claimed to be the dominant source. The first was from a
rotating disc, Reference 2-80, and the second was from a rotating cylinder,
Reference 2-81. The data acquired during the X-21A related measurement
programs, Reference 2-57, and then interpreted as boundary layer noise could
possibly be noise from some other sourée. These experiments and results are

described in the following.

The first experiment to isolate and measure the noise radiated from a turbu-
lent boundary layer is that reported by Hubbard, Beference 2-80. The test
configuration was a rotating disc, with rotational speeds up to 350 ft/sec.
At a location within two boundary layer thicknesses of ﬁhe disc, the mean
square sound pressure increased as (velocity)u whereas further away it in-
creased as (velocity)8. Single point OASPL is the only reported data. In
this experiment the disc edge travels at high speeds so that the radiated
noise could be contaminated with some form of edge noise. Further the

boundary layer is not uniform across the noise generating surface.
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'Thegsecond attempt to measure turbulent boundary layer alone noise is that by

Wilgon, Reference 2-81, and dealt with [the noise of a rotating cylinder at
iciréumferential speeds up to 350 ft/sec. | In this test, close to the cylinder,
‘the mean square sound pressure followed a (velocity)u law and the total acous-
.tic!power radiated to the far field followed a '(velocity)6 relationship. Some
'spectra are also presented in this report. This test configuration has less
édgé effect than that of Hubbard and it also has a constant surface velocity,
;whifh is the noise generating velocity. '

j
A third attempt to measure aircraft.radiated turbulent boundary layer noise in
i't:lrleff‘ar-f‘ield is reported and discussed in References 2-82 and 2-83. Flyover
hoi%e data was acquired from gliding T-33 and F-100 airplanes at speeds up to
h i
hig?er speeds (M = 0.48) for the T-33, |[the total airplane (glide) acoustic

0.8. Selected final results are presented in Reference 2-84. At the

S )

powér, based on the flyover noise measurements, is deduced to vary with M to
&he power 8. At M = 0.8, a single F-100 point lies on the same line. However,
%he}reported directivity is more directi?nal than reported recently in numer-
buslunpowered flyover noise tests. Expgrimental test details have not been
btuéied, except through the Reference (which is an abstract) where there are
no ?omments on engine power setting or flap setting at the high speed glide.
ﬁhe%e tests were reported in 1956. Non-powered flyover noise, for a clean
bon%iguration, at lower speeds, is currently considered to be dominated by
winé and empennage trailing edge noise rather than radiated surface turbulent
boupdary layer noise. However, at that jtime, 1956, the above measured noise
Wasi attributed  to radiation from the |turbulent boundary layer. From the
reported description, especially the increase in the noise radiated forward
the}dominant noise source could have been convectively amplified core noise at

low! engine power settings.

i
Foufthly, measurements of the noise fiefd in close proximity to an airframe
during high speed cruise was reported |in References 2-84, 2-85, 2-86, and
2-87. This extensive and complex measurement program was in support of the
?-2JA program. The results were reported over the period of 1960 to 1967.
Not,all results are available. Airplane|configurations were the F94:C, NB-66

and' the X-21A. The data acquisition system developed was of a flush mounted

T L - ?)ﬁ’ 15’/"7
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- -_—mlcrophone—anstalled—an—a—iam1nar—flow~hous1ng—1ocated—external—to—and—close———

TLEUSVRATTON 1L,
_
.é— to various surfaces. The intent was to prevent the microphone signal from

being masked by pressure fluctuations of ﬁts own turbulent boundary layer. The
obj?ctives were to measure the close-injcruise noise environment, to source
separate the measured data and to develo? cruise noise prediction procedures.
One’ of the main results of these seriesiof tests was that, generally, at the
lower flight Mach numbers and the higher %ngine power settings the OASPL's, at
a goint, decreased with increasing airﬂlane Mach number, although there is
much scatter in this data. This was 1nterpreted as showing that propulsion
n01se (which was assumed to be ba31cally jet noise) generally decreased with
forward Mach number. Another pr1nc1pal|result was that at the higher Mach
numbers (M > 0.6) and lower engine power settings the OASPL's, at a point,
genérally increased with increasing Mach numbers. Again there was much
scafter and the claim that the increase was proportional to Mach number to the
pow%r 8 appears to be an over simplification. However, this was interpreted
as %howing that, in this case, the noise was dominated by radiated turbulent
Bouédary‘layer noise. This conclusion |was also based on the fact that a
£urbulent boundary layer noise prediction method (based on previously
‘43/— descr'lbed T-33 and F-100 far-field f‘lyover noise tests) yielded levels which
compared quite favorably with the measured levels at the higher Mach number.
However, the final flgure of Reference |2-100 shows measured inflight noise
levels from an X-21A flight with the laminar flow control hechanism operating
over the wings. Four of the microphones are adjacent to large wing areas
where laminar boundary layers existed. On comparison with measured data under
similar flight conditions in the presence of a turbulent boundary layer the

’are essentially the same. This would

OASPL's - within measurement tolerance -
appear to indicate that the measured noise close to the surface is not
dominated by the turbulent boundary layer radiated noise, but by noise from
énoﬁher source. Noise sources not considered in that analysis include: (1)
wing trailing edge noise, (2) engine core noise, and (3) jet shock associated
broad band noise. The last two, especially when convectively amplified could
be the dominant noise source at these locations at speed and not the turbulent
boundary layer. In fact, the analyses gf this present report would suggest
exactly that. It is apparent, and very desirable, that more work be performed
to more confidently define the exact noise source contributions at the X-21A

.\ . . .
‘7‘~ measurement locations. This would be an|extremely useful exercise - assuming

~—~—?—-~——that~the~basic—measured—data—is~of-good—quality.

v :w}
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In Reference 2-85, prediction procedﬁres were proposed for the noise radiation
from fuselage wakes and turbulent boundary layers. The prediction method used
an equivalent jet for both sources (acoustic power = V8). " Estimates of T-33
and F-100 aircraft glide acoustic power were made and the indicated agreement,
Reference 2-85, Figure 2-19 is extremely good. However, no breakdown is indi-
cated as to fhe relative magnitudes of the two noise sources. Neither is any
spectral data provided. The equation derived these for the OASPL from 'a
surface area element of turbulent boundary 1aye}, expressed in the notation

and format of this report, is

OASPL(r,¢ ) = 10 log A + 80 log M - 20 log r + 10 log f( &) + 139

o A

PeiClc 1
There is a correction for altitude (A dB = 20 log p'zj;jr ) and a forward
. e Qa0 ~
speed co-ordinate correction, r,9¢ to r',¢ °'. The diréctivity is the pre-

viously mentioned measured flyover directivity, Reference 2-82. No spectral |

data are presented. Use of this equation for the ‘noise radiated from a
turbulent boundary layer predicts high noise 1levels. Further, it predicts
noise’ levels some 18 dB greater than that the prediction method developed

later in this section.

Development of Turbulent Boundary Layer Cruise Noise Prediction Procedure -
Based on the survey of the literature, it would seem that -a comprehensive
validated prediction scheme fof the direct acoustic radiation from a turbulent
boundary layer, which takes into account all sources does not exist. A method
was, therefore, partially, developed and is described as follows. Based on
the concepts of Powell, Lighthill, and Tam, the noise radiated away from an
infinite turbulent boundary layer is considered to be generated by three
sources within the boundary layer, as shown in Figure 2-16, and described as
follows: (1) a surface distribution of dipoles - caused by the fluctuating

pressures within the flow causing fluctuating forces on the rigid surface and

hence radiating noise. The strength of these dipoles can be related to the ’

. measured characteristics of the surface fluctuating pressure levels - called

of
pseudo-sound. Noise from a surface area element isa[Ai Vi6f(¢i)]/r12, (24) a

volume distribution of quadrupoles (generated by the fluctuating pressures

within the turbulent boundary layers, in a manner similar to Jet mixing noise)

——— L . 1
l
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~'—“‘and~-(2B)-~—r-eflected——mlume—quadr*upole_.xr101se.._.Noz.se from a volume element of

'tid power. Internal noise levels are constrained within the cabin and are
modified by soundproofing. During cruise, internal overall noise levels exist
;close to the wall of 90 to 100 dB. This same panel motion radiates noise

\externally It is less than the internal ‘noise by 10 log (pc) abln/(p )amblent

!
FIGURE NUBMAFR

1LLUSTRAT.CN TITLE
turbulence 1sa[(A 5¢|) v, °f( ¢ )]/r , and (3) the noise radiated by the

flex1ble surface as 1t responds to the turbulent boundary layer excitation.
The. last noise component radiates 1nternally and externally. For conventional

subsonic airplanes it can be shown that this does not represent a high acous-

‘(whlch is about 7 dB) and further it 1s}not constrained but freely radlatedf

The external noise due to panel induced Wlbratlon might therefore be expected

tO‘be about 85 to 95 dB, OASPL at about 1 ft. from the fuselage.

|
|

'All these noise sources are distributed jover large areas and the noise is to

!

|
|
|

: ranklng it is possible that at the lower subsonic speeds the surface dipole

be

therefore considers the noise radiated by an area element of the turbulent

estimated within very close proximity to these large areas. The method

bogndary layer, to a selected observer location. The total noise is obtained

byfcomputlng the noise from a series of such area elements (with its own
element source strength, element to observer distance and directionality) and
1oéarithmically combining these individual spectra to yield the total spectra{
noﬁse.

t

The noise sources originally considered|in the method were the first two com

pdnents e.g., the surface dipoles and |the volume quadrupoles. In terms of

|

terms (F'“v ) domlnate while at the higher subsonic speeds the volume quad-

. rupole ‘terms OZEV ) might dominate. Where the cross over is not known, and

—— &3

— PAGE NUMBER

remains a subject for further study. In the method developed here, only the
surface dipole model was developed. The model was then "calibrated" against
limited available test and analytical gata previously described. The predic-
tlon scheme yields absolute values of OASPL, spectrum and directivity radiated
from a large surface. Extension to include the volume quadrupole component

is required.
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- acoustic power

zfé : (a) Overall Sound Pressure Level and Directivit The
‘ radiated by the surface dipole distribution in a turbulent boundary

l layer is assumed to have the form:

W= klAV6 3-10

\ where
h W is the acoustic power, watts,
i A is the wetted area, £t.2

V is the surface velocity, ft./sec., '

k1 is a constant

' This equation may be expressed as

PWL = 10 log A + 60 log V + K

> ‘ 3-11
P -13 : |
'T' ( where PWL is the acoustic power with reference to 10 watts. '
\
| Now the radiating surface is considered the equivalent of a dipole.
; For a dipole the relationship between acoustic power. and acoustic
1' pressure can be shown to be:
PWL = OASPLM(P) + 20 log (r) + 5.7 3-12
where OASPLM(P) is the maximum sound pressure level at radius r (ft).
Further, dipole acoustic radiation directivity is given by ,
2 A
\ OASPL (r,d) = OASPLM(r) + 20 log (cosd?) 3-13
l ] where<é>is measured away _from the dipole axis._— - — - - - —
( ] :
‘ <
'L‘ <+
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OASPL(r,) = 10 log A + 60 log V - 20 log r + 20 log (cos )+ K

ILLUSTRAT{ON TITLE
3-12,, and 3-13 yields the acoustic sound

pressure level directionality asl follows
i

Combining equations 3-11,

-14
3 3

!
The constant of equation (5) is'now determined from the experimental
work of Wilson and Hubbard, and the theoretical work of Lighthill,

Sharland and Tam.

[ (1) Value of Constant, Based on Wilson, Reference 2-81.- There it was

! é shown, that up to a cylinder suAface velocity of 350 ft/sec, that the

I 5 radiated acoustic power was proportional to surface velocity to the
: power of 6 which suggests that!the dominant radiators are of dipole

, E type. From that data, the constant in Equation 3-11, K2 can be shown
| to be -66.4 and the constant {in Equation 3-14, K3 becomes -T72.1.

‘ ! Thus,

v

‘/!} ‘ EOASPL(r,d)) = 10 log A + 60 log V - 20 llog r + 20 log (cos¢d) - 72.1 3-15

kii) Value of Constant Based on Hubbard, Reference 2-80 - Hubbards

|
|
i
|
il

0ASPL(r,¢) = 10 log A + 60 log V - 20 |log r + 20 log (cosd) - 57.6

experimental results were evaluated in a similar manner to Wilson's.
The single point measured acoustic pressure was assumed to be that at
maximum directivity. Although the reported measured acoustic pres-
sure increases with velocity to |the power 8 it was forced to fit a V6

type relationship. The resulting SPL relationship was

3-16

This equation gives an OASPL which is 14.5 dB higher than that given
by Equation 3-15.
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d} (iii) Value of Constant Based on Lighthill, Reference 2-14 .- Lighthill, in

Equation 13 of the reference pregénts an equation for the mean square
|

sound pressure produced by a unit area of turbulent boundary layer,
which may be rewritten as ‘

1

p2(r,¢) = 6.5 x 10° 0 (pz/c?) [(a V6 cosz¢')/r2]

3-17

|
where !

is the acoustic pressure,|lb/ft.

is the ambient air density, slugs/f‘t3
is the ambient speed of sound

is the area of the radiator, ft2

the flow velocity, ft/sec.

[
/2]

the angle to the observer location from the normal

Q< > T O
’.J
[}

[ N
1/:]

4\_ ? the polar distance to Fhe observer location
|

o .

' This equation may be re-expressed as

i

< 7
OASPL(r,%) = 10 log A + 60 log V - 20|log r + 20 log (cos?ﬂ- 77.7 3-18

This equation give an OASPL which is 5.6 dB lower than that of
Equation 3-15.

(iv) Value of Cbnstant, Based on Sharland, Reference 2-66 -~ Development
|
of some of Sharland's equations land data showed that the constant in

the equation should be -73.9, which is 1.8 dB lower than Equation
3-15 at -73.9. !

'(v) Value of Constant Based on Tam, Reference 2-72.- Application of Tam's
equations showed that the constant in the equation should be 16.5 dB
higher than Equation 3-15 at -55.6.

| &
7 |
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1
SPL(r,é» = 10 log A + 60 log V - 20 log r + 20 log (cos¢) -72.1 3-19
b '

(b)

ILLUSTRATION TITLE
Selected Value of Constant - It (is seen that there is some variation

in the constant. Wilsons, Lighthill and Sharland are -72.1, -77.7
and -73.9, respectively. Hubbgrd and Tam's are -57.6 and -55.6,
respectively. Because it is baéed on test measurements from what is
considered the best test configuration, it is proposed to use the
constant based on Wiison's resulks, e.g.,

t

The above derivation assumes that the noise radiated away from a
turbulent boundary layer has the characteristics of a dipole, and
that it can be related to the fluctuating pressure level induced on
the surface by the turbulence within the boundary layer. This is the
approach considered by Lighthill, Sharland, Tam and Maestrello.
Powell considers that the quadrupole noise arising from the
turbulence alone within the boundary layer could be an important
contributor to the noise radiated away from the boundary layer,
especially at high speeds. This'would mean that in addition to the
surface dipole noise of Equation; (10) a volume quadrupole noise would
exist. Formulation of this component requires knowledge of the
turbulent structure within the boundary layer. Development of the
scheme to predict absolute noise levels and directivities would then
require comparison with the acoustic power output of a volume element
of turbulence. This could be| estimated by comparison with noise
radiation and turbulence characteristics of a subsonic circular jet.

The effect is recommended as a program follow-on item.

Peak Frequency - Throughout ghe literature there is even less
reference to the spectral peak frequency or spectrum shape of
radiated turbulent boundary layér noise, the discussion is generally
limited to an overall type sound pressure level. The only specific
information on the peak frequency of radiated turbulent boundary
layer noise are the computed data of Tam, Reference 2-72, and the
measured data of Wilson, Reference 2-81. Both indicated the broad

band nature of the spectrum. The peak frequency of the radiated

acoustic—pressure—spectrum—is—taren—from—the“work‘Uf‘Tam. ]

= &7

I
PAGE NUMBER
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(e)

FIGURE NUMBER

Tams—ecomputations—indicate

—that—

however, the peak frequency,

numbers to 0.8,

5= w8t
|.S£)= wd /V =

where

0.055

Egﬂ: Strouhal number

‘@ = circular frequency
r'&,’ -
& =

V = flow velocity, ft/sec.

This equation can be re-expresse

£ = 0.00875 V/g\ﬂ
where fp = peak frequency in Hz.

This equation estimates the pe
quite reasonably. Therefore,
directly.
radiated peak frequencies are
the h

layer thickness. Hence,

the thinner boundary layers.

Spectral Shapes - The only spec

concerning the spectrum of radéated turbulent boundary layer noise

are again the measured data of Wilson, and the computed data of Tam.

Both spectra have broad band ¢

frequencies. However, the sha
selection,
another known aerodynamic noise

noise. Wilson's shape was cho

rate at the higher frequencies

boundary layer displacement thickness, ft.

The peak frequency i

ific data available in the literature

of one of these shapes,

the spectrum is given for flow Mach

Figure 3, 6, and 7) by:

3-20

d as

3-21

ak frequency as measured by Wilson,
the above equation of Tam is wused
s for a spectral distribution. The
inversely proportional to boundary;

igher frequency noise is radiated by,

haracteristics and have similar peak
pes are different. To aid in the
these spectra were compared to
spectrum shape. This was jet-mixing
sen because it fell off at a higher

than Tams and was closer to the

| é;sf
“eogna ,ONtHFL"E‘Peak"f’Pe quency—has—some—smallt—
sensitivity to directionality and flow Mach number, generally,

|
of

(Reference 2-72ﬂ

é

s{

Z
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@

turbulent high-speed flow.

|

described, the dominant noise component

{

FIGURE

NUMBER

jet- m1x1ng-—spectr‘um—-shape‘IL—‘E-;I{‘&T

—selected—non—d1men31onal—shaper_(1n___

ION THTLE

one-third octave band levels) with the slope definitions is shown in

Figure 2-17.

(d)

Total Noise from an Area -

large area of turbulent boundary
is achieved by considering the
elements, Ai. If the point in

center of each element then the

of each individual element OASPﬁ radiated to that point, e.g.,

§I

0ASPL —15 OASPL, (r; ,¢ )

TOT

Similarly the spectrum at a
spectra from each element and

sSpectra.

(e)

conditions must include: er

impedance, co-ordinate

dynamic effect.

‘Example of Turbulent Boundary Layer Noise Computation - Figure 2-18 shows the

computed free-field OASPL radiated by a
tion of distance normal to the fuselage,

fuselage length was approximated by five

2.3.4.3 Trailing Edge - During cruise,

are not deployed, thus the wing,

sidered as streamlined or "clean" air

‘Model airfoils immersed in clean (non-turbulent) air flows have been shown

theoretically and experimentally,

Transformations to Cruise Conditions -

conditions of sea level and Aﬂow speed.
|

transformation,

horizontal and vertical surfaces may be con-

foils which are immersed in a non-

to be a source of noise.

[
|
1
!
\

Computatlon of the OASPL radiated by a

|

y layer to a specified point in spac%

:boundary layer as a series of aref
space is defined by r, ,ﬁb from the

stotal OASPL is obtalned by summation

3-22

point is obtained by computing the
logarithmically adding the element

The basic prediction is for
Transformation to cruise
acoustic

uise operating conditions,

convective effect and the

large length of fuselage, as- a func-
at the cruise conditions shown. The

large flat element areas.

wing and empennage control surfaces

As previously

is considered to be the trailing-edge

7]

£y
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ONE THIRD OCTAVE BAND LEVELS, dB

PEAK THIRD OCTAVE BAND LEVEL = OASPL-7.0 dB

-1a8/1/308

-2.7 dB/ 1/3 OB

-2.2dB /1/3 OB

70

FIGURE 2-17. RADIATED TURBULENT BOUNDARY LAYER NOISE SPECTRUM
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1

|

FIGURE

NUDABER

-~ —noises

In—the—generation—of— trailing= edgemn01se—the participating—elements]

aré the boundary layers - whether laminar or turbulent - from both surface

|
sides, the trailing edge and the resulting wake. The noise generation

mechanism is considered to be the bounda

surface trailing edge adjust themselve

|
environment, releasing pressure waves which give rise to acoustic radiation.

TheAacoustic radiation is described analytically in Reference 2-88. Trailing

edge noise, at lower aircraft speeds, wi

'shown to be dipolish in nature, and to have a velocity exponent dependancy of

between 5 and 6.

‘Recently much attention has been focussed on the far-field noise radiated by,
‘larée airframes (comprising fuselage and lifting surfaces) which is in addi-

tioﬁ to that radiated by the propulsion system. The state of the art of

. . . .
‘airframe noise was recently reviewed in

a clean airframe, (flaps up, gear up and|wheel well doors closed) it has been
.gen?rally concluded that the dominant noise source again is the trailing edge,

‘witp contributions from wing, verticalt and horizontal surfaces. Turbulent

‘bouhdary layer noise radiated from the

bonéidered to be comparitively low and

‘prdposed to predict far-field, clean|, airframe noise. Reference 2-89

describes the "total aircraft" method an

part of NASA's Aircraft Noise Prediction| Program (ANOPP). References 2-78 and

,2-9b discuss these methods and their

airframe noise. In these references,

altérnate prediction method which, he shows, yields improved predictions of

clean airframe far-field overall noise

do the previous methods. For the jet aircraft considered, turbulent boundary,

layers existed at the trailing edges

different surfaces (trailing edges) are

is 'developed here for the prediction of | trailing-edge overall sound pressure

levels, spectrum levels and directionality in the near field. The method is

qy layers which in convecting past the

s; to the sudden change in impedance

th turbulent boundary layers, has been

References 2-78 and 2-89 and 2-90. For

lwhole airplane to the far-field was

neglected. Three methods have been
d the "drag element" methods which are

ability to predict measured (clean)

the author, M. R. Fink, develops an

levels and their spectrum shapes than

4 Separate contributions from the

|

lconsidered. It is this method which

applicable to surfaces which have turbulent boundary layers at their trailinﬁ

edges. Laminar flow control surfaces,

which would have partial laminar flow

control (extending to typically 60 toj 80% of chord) will have turbulenJ

boundary layers at their trailing edges

but with a modi- fied boundary layer

y /

L

——— — —
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However,

shoﬁld a laminar boundary layer exist at the trailing edge, a different

phenomena - wing singing would occur. .

be developed for this situation.

|
first the basic equations of References 2-78 and 2-90 are reviewed, then they

1
'are‘developed for application to the prechtion of the near-acoustic-field.

‘. . i
Review of Clean Airframe Equations (Far-Field) - The noise prediction equa-

tiohs used here are taken from Referenbes 2-98 and 2f90.

A

For thé turbulent boundary layer situation,

derived from aircraft (airframe) flyover

noise extracted) at altitudes of 300 to ?00 feet and at aircraft speeds up to

350 knots (most at about 200 knots).

ref?rence conditions.
y { . .
the airframes are low-noise airframes.

, |
in this category.

(a)

| OASPL = 50 log(V/100 kt)
? Yo B 2
i 10( cos € sin ¢ cosd/2)“ +

L. field predictions a value of 3 dB should be subtracted from this

equation.

& -

thickness at the trailing: edge

‘ b = wing (horizontal or verti
: h = altitude, measured from t
i V = flight velocity, true air

The equations are

Overall Sound Pressure Level andi Directivity -
2-78, Equation 4 and Reference
munication with the author, the

overall sound pressure level and

<+

101

This OASPL includes effect of Fround reflection.
The notation is summarized below and in Figure 2-19.

wing (horizontal or ver%ical tail) turbulent boundary layer

The 1990 LFC airframe is assumed to be

;prediction methodology would need to

I

They have been

noise measurements (with propulsion

The data have been normalized to

thus far field equations. Further,

Taken from Reference
2-90,

constant is 101.3.
i

Equation 10. Based on com-
The equation for

its directivity

10 logégb/hz) +

.3 dB 3-23

To obtain free-

cal), tail span
o
railing edge, and h = r siné?

speed

73
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FIGURE }Q

JMVIBER

1

(b)

ILLUSTRAT!

ON TITLE

&

0°, directly aft = 180°

f§?= sideline angle from trail

<2
and>
o -
8 = 0.37 (s/0) (Vs/b 1) 0.
= mean aerodynamic chord =

S = gross area of wing, horiz
RQ = kinematic viscosity

In the

tionality in the flyover plane.

a dipole whose axis is normal to the trailing edge.

has a sinzéidirectionality wher
axis. Howe&er, when the dipole
(which can be represented by a
directionality is considered to
dipole becomes a "half baffled
References 2-66, 2-67, and 2-68
in angle of maximum noise radia
the dipole) to dﬁ = 0, which is
Thus, tfailing éage noise will ¢t

ing surface rather than adjacent

Peak Freguency - The acoustic spectrum for trailing edge noise, with

a turbulent boundary layer, has

quency is given by Equation 7 of

= angle measured forward fTom trailing edge, directly forward =

|
|
i
!
|
!
|
]

equation, the coszﬁ%/z directionality term represents direc-

|

ing edge

e - 0.37 C (vCry)~0-2

-24
3 3

S/b

ontal or vertical tail

Trailing edge noise is modeled after

A free dipole
e ibis measured normal to the dipole
Iis~located at the wing trailing edge
semi-infinite plane or baffle)  the
be modified by the cos?¢@2 and the
dipole". This modeling is common to
Its importance lies in the change
tion fromf%‘z 90° (along the axis of
forward along the baffle (or wing).
e most directly felt by the generat-

surfaces.,

a broad band shape. The peak fre-

Reference 2-78 and is

£ =0.1V/5 Hz 3-25
(]
A ]
[ & €
- — x
f gz
| 3 75
| e o
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FIGURF_NUMBER

1ethird octave band —spectrum shape

is taken from Reference 2-78,  Equation (5) and Reference 2-90,
Equation (7), and includes the b.613 factor. The third-octave band
sound pressure level, relative to the Equation 3-23 overall sound
pressure level, at center frequgncy f relative to the peak frequency
fp is obtained from

b 3/2 =
3 (f) - OASPL = 10 log 0.613<kf/fp) ’(f/fp) + 0.5,
: i

)
% (

This 1/3 octave band spectrum |is, broad band and non-directional,

3-26

i.e., independent of angle andiis related to the OASPL only. The
high frequency atomospheric attenuation terms of References 2-78 and
2-90 based on sea level condition of temperature and humidity are

omitted because of the small distance considered.

Conversion 'to spectral levels, SL, from one-third octave band levels

are obtained by

SL; = 1/3 OBL; - 10 log ([A’lf)i

Noise Source Location - The source 1location of the trailing-edge

noise probably includes the trailing edge and some of the mixing

region downstream of the trailing edge and thus is more properly a

volume source, see for example Reference 2-91. The noise source

location, too, is probably freqLency dependent. Because of lack of
definitive trailing edge noise source location data, the source
locatidn will be treated as being at the appropriate trailing edge.
In the plane of the wing it is éhus a line source along the trailing
edge extending over the span of ﬁhe wing.

Development of trailing-Edge Cruise Noise Prediction Procedures - The above

equations are developed for application éo small source to observer distances

and for cruise conditions.

!

tho
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(a)

Overall Sound Pressure Level and Directivity - First, equation (1) is

converted to free field conditions by subtracting 3 dB from the

constant and secondly, h is replaced by r/sin¢ . Then

OASPL = 50 log(V/100 kt) + 10 log(8b/r2) + .
10 log(cos & cos <I>/2)2 + 98.3 3-27

Equation (5) considers the trailing-edge noise behaving as a point
source and is thus applicable for predictions in the true far-field
where the inverse square law holds. At smaller distances trailing-
edge' noise may be regarded as a finite line source, extending along
the span of the wing.- or.other surface - and, to a good approxima-
tion, being of constant strength. It may also be réegarded as being a
distribution of uncorrelated sources. Reference 2-11 shows that the
limit on the use of the ,inverée square law in this situation is
limited to source to observer distances, r, greater than the span
divided by =, (r > b/w). For closer in distances (r < b/m) the
situation exists, as shown in Figure 2-20; the ef’f‘éct of the finite
length of the line source must be considered. This region may be
called the "close-in" far field. In this region, because of the
finite size of the radiator, the noise drops off at 3 dB/doubling of -
distance. Thus, it is necessary to convert Equation (5) into the
more general form which allows for propagation in the far field and
the close-in far field. This is achieved, following the formulation
of Reference 2-11, by replacing the 1/r'2 in Equation (1) by @2 - ®1/prp
Thus, the OASPL directivity equation at small distances from the
trailing edge becomes. . Ny N
OASPL = 50 1log(V/100 kt) + 10-log(8(e2 - @1)/r) + )

10 log (cos & cos ¢/2)2 + 98.3 dB 3-28

where G, and o, are the angles subtended to the observer by the ends

1
of the line source, see Figure 2-21, and b is the "local" noise

77
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FIGURE 2-21. TRAILING EDGE NOISE TERMINOLOGY
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(b)

- (e)

(d)

| (o
FIGURE NUMBFR ! — .

1
generating—span= Thus;—nggﬁzFaﬁFﬁgijand——a——horrzontal——a——semi-span

should be used while for the vertical the full span should be used.
-1

During cruise, the LFC system wopld probably be operating on the wing
and empennage surfaes. For exahple, the wing could have LFC on the
upper and lower suffaces to ab?ut 75% chord. The empennage could
have LFC, typically to 65% on both surfaces. At the end of the LFC
surface, the laminar boundary layer will transition into a turbulent
boundary layer. Trailing-edge nbise is predicted on turbulent bound-
ary layer characteristics at the trailing edge. The resulting noise
will have broad band characteristics. For a conventional airfoil the
use of flat plate boundary layer thickness as opposed to airfoil
boundary layer thickness is discussed in Reference 2-78. There, Fink
concludes that for low-speed conditions the effect of 1lift coeffi-
cient on boundary layer thickness can be neglected. Whether this is
true for high-speed cruise applicationis not known at this time. For
application to surfaces with LFC, the boundary layer thickness at the
trailing edge, in the presence 1f LFC operation, should be used.
1

If the boundary layer at the trailing edge should be laminar (i.e.,
low Reynolds numbers, much less|{than 1 x 106, more typical of model
data and for small high performance sail planes), then strong dis-
crete frequencies will occur in the spectrum, Reference 2-92. This
phenomenon, often known at "wing singing", is not expected to occur
on LFC airplanes considered in this study. Should it occur, an

additional prediction method would need to be developed.

Peak Frequency - The peak frequency is predicted using Equation 3-25

<
with the appropriate boundary gayer thickness, 6 , at the trailing

edge. !
Spectrum Shape - The spectrum shape is predicted using Equation 3-26.
Noise Source Location - The noilse source is assumed to be uniformly,

distributed along the span of the appropriate trailing edge. How-

ever, the noise radiation characteristics of each trailing edge (wing

edge. ﬂgi}’

U -
PAGE NUMBER ;
i

or—empennage)—are—predicted—using—the—parameters—appropriate—to—each— -
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EIGURE NUMBER

(e)

(£)

(g)

JLLUSTRATION TITLE
Wing Sweep Angle - The equations do not indicate any sensitivity to

sWweep angle. Many airplane squaces have some trailing edge sweep.

This effect is considered small %nd is neglected.

'
|

Control Surface Deflection - Small deflections of wing control sur;

T 2

faces may occur during cruise for trim and gust alleviation purposes.
The trailing edge noise is sensitive to flap deflection as shown in
Reference 2-93. There for thé VC-10 airplane flap deflections of
200, 35° and 450 are reported to generate OASPL increments (relative
to the clean configuration) of +4.5, +7.5 and +9.5 dB. The VC-10 has
very large area flaps and large|flap deflec- tions compared to those
considered for trim control. However, if necessary this reference
(and others) could form a basis to determine the sensitivity of a

noise increment due to a flap (of given area) deflection.

Transformations.-— The applicable transonic transformations are: for-

T —————

ward speed transformation (r,éito r',ﬁ"), acoustic impedance, convec-
tive effect and dynamic effeétn The‘roles of convective effect and
dynamic effect on this noise source are questionable. The original
data were acquired under the conditions of airplane (= noise source)
forward speed, and if convective amplification is applicable to this
noise source (which is questioned in Reference 2-78) the original

data need to be normalized for this effect.

The trailing edge OASPL is related to velocity exponent to the power
5. Should, at the higher aircraft speeds the wake noise component of
the trailing edge noise become more dominant then trailing edge noise
could become proportional to a Qigher velocity exponent.

! .
Application of method estimation of trailing edge noise at this time
should be probably limited to Eﬁ = 0. This would yield a fairly

uniform distribution of noise| level and spectra along the wing

leading edge.

g o
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H

ILLUSTRATION TITLE
Example of Trailing-Edge Noise Computation - Computed trailing-edge OASPLM's

for a large airplane (TOGW = 566,961 lb.) are shown in Figure 2-22 as a func-
tion of distance from the trailing edge fbr(ﬁ)= 0°. The only transonic trans-
formation included in this example is the ¢ éffect. The lower two lines refer
‘to the approach case (original equationsﬂ; the single upper line refers to the
cruise prediction. Cruise noise levéls are some 15 dB higher than on
approach. This is basically because oﬂ the OASPL o V5 relationship. The
inf;uenCe of the trailing edge being a boint source versus a line source (at
distances r < b/ﬁ) can be seen. These levels would be the same for the upper

surface and the lower surface.

Comparative third octave band spectra are shown in Figure 2-23. During cruise
‘theiihfluence of the higher speed is apparent not only in the levels but in
;the:upward shift in frequency. The directivity of the radiated noise is that
of 'a half-baffled dipole type based on the trailing edge radiating preferen-
]tially forward along the generating surface.

i

[

:A further example is shown in Figure %—24. This shows how the free field

IOAS?L varies on a percentage of wing chord for the above airplane during
cruise, with all transformations applied: A spectrum at a central span

ilocation is shown in Section 2.6.
2.3.5 Laminar Flow Control Noise Sources
A laminar flow control system which is currently considered representative for

application to the 1990 type airplane is shown in Figure 2-25. The systen,

which would operate during cruise only, |basically consists of a suction unit

(ajpower generator and a suction pump) and the duct system. The actual conw
figuration e.g., numbers, size and location of the suction units and thﬂ
extent and distribution of the ducting'system would depend on the airplane

design. The basic elements of a flow control system design are as follows:

‘a. Power generators (which could consist of an inlet, compressor, combus-
tion chambers, turbine, drive shaft and external exhaust) to drive the

suction pumps. For a large long range airplane, for example the sys-

, ZL
8%~ ©
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- — —ttem might require two of ~thesezgen:

f
FIGURE NUMBER

rators—each being between 1,000 and

I/l Vil

2,000 horsepower each.

b. Suction pumps (which could consisf of a drive shaft, a compressor with

|
|
|
I!’
!
|
} the inlet facing into the duct and an external exhaust).
1

!

y¢. Suction duct system (with associated air flows, bends, junctions,
| valves, spoilers, etc.). Typic%l duct flow Mach numbers during LFC

operation may be between 0.1 and 0.3.

d. Surface suction (which could be either discrete suction through slots
or a distributed suction) and alplenum chamber system. For a slot
i ‘ design, the slots could be typically 0.010" wide spreading in the

spanwise direction at about 10" |spacing. Typical flow velocities in

) the slot are estimated to be between 50 and 150 ft/sec. Slot design
Reynolds numbers (based on slot width) would be, typically, between 35

but could-be on the fuselage as %ell.

l - and 100. LFC surfaces would be primarily on the wings and empennage,
1

i

|

' f

Fhe above system components can be sources of (1) external noise, which is

noige radiated through the atmosphere to the airframe surface, (2) internal

hoise which is noise propagated through or generated in the ducting and

Encident upon the flow control inner surface and producing a disturbance in
ﬁhefboundary layer, and (3) suction slot jwake instabilities, which can produce

a disturbance in the boundary layer.

1
i

g.315.1 External Noise Sources - Sources contributing to the external noise
énv%ronment are compressors, combustors, and turbines radiating from the
;ppfopriate inlet and discharge ducts and the jet effluxes themselves. Cruise
noiée prediction methods for these sources would be those described in the
Probulsion Noise Source section, 2.3.3L together with all the applicable
trahsformations (to allow for forward skeed and altitude). Should acoustic
1inér treatment be installed then its éuppression capability on the appro-
jpriéte noise source would be estimated from the Duct Acoustic Treatment
?eciion. The actual cycles of the suction unit system components are not yet

ppecified and since the noise prediction methods are semi-empirical they are

5 ; %iii 8§§7
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- ——*somewhat—conflguratlon—dependent-—TThus the—dlrect"appllcat1on-of the—propul=

: |
The! rotating machinery would probably op?rate at high speeds and consequently

give rise to high frequency tones and whfnes, e.g., 5,000 Hz. Since the inlet

'point sources radiating from those locations. Both the power generator jet
;exhaust and the suction jet exhaust would be operating at nozzle exit pressure
'ratlos only high enough to discharge the exhaust, thus the only jet noise

3 pmponent present will be jet mixing noise. Although the suction unit may be

I
FIGURE NUMBER

i

Lo RATICIN TR

31on prediction methods to these similar isources would require some care.

and;discharge ducts would be small, all the noise sources could be regarded as

:phyéically smaller, less powerful and create less acoustic power than the
brobulsion system, it could be located close to an LFC surface thus requiring
a fhll acoustical evaluation.
%
3L5 2 Internal Noise Sources - The way that internal noise éan effect the
boundary layer is by it being the origin |of a fluctuating velocity disturbance

!1ntFoduced into the boundary layer at the suction slot.

| I
:Thege noise sources are constrained with}n the duct geometry and thus are not
fdependent upon aircraft forward speed nor are they subject to any of the for-
war? speed transformations. The high altitude (fc) effects are present how-
pvek. Noise sources contributing to the internal duct sound pressure levels

i
are; :

;a. The suction pump compressor, thel|acoustic power of the compressor can
7 be predicted using the fan/compressor noise prediction procedure of]
2.3.3.1, with the turbulent inflow factor. The compressor acoustic

power is then shared by the ducts and propagates upstream through a

! complex hardwall duct geometry. Although much work has been accom-

plished recently in the field of noise propagation in ducts in the
" presence of flow (for application to turbofan noise control), foJ
example see Reference 2-94, application of these sophisticated methods
to a much more complex duct geometry would be extremely difficult.
Also, prediction of the noise levels arriving at the plenum chamber,
using techniques such as those discussed in standard text books, e.g.,

P References 2-95, 2-96 and 2-97,; would have a wide prediction toler-

I
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b. The noise generated by the cold [low density turbulent airflow in the
‘duct and its interaction with bends, junctions, valves and flow con-
trol devices, ete. Typical duct {flow Mach numbers, M, are expected to

i . be within the range of 0.1 to| 0.3. The strength of these noise

‘ sources is related to M6 or M8. The low duct flows are, therefore,

i believed to be inherently low-noise for example, no noisy choked flow

exists in the duct system. Reference 2-98, for example, reports noise

; levels in a duct system with flow Mach numbers up to 0.6, of up to 125

dB. Prediction of these effects is complex and difficult to gener-

‘alize.

i c. Noise level amplifications due to standing waves and resonances. These

effects are very configuration oriented and again difficult to

, generalize.
|
!

In jorder to quantify the severity of thg above three disturbance sources, a

. 4} |
jrevgew was made of the X-21A internal noise level investigations. Faced with
simﬁlar assessment of the impact of internal noise, Northrop embarked upon an
1e1@borate test program encompassing wind| tunnels, laboratory tests and a full

fscaie X-21A flight test program. The results are summarized as follows:

a. Wind tunnel tests, References 2-99, 2-100, and 2-101. Tests were con-

ducted on a iaminar flow suction|wing (10 foot chord, 7 foot span and

layer. Noise, in addition to the ambient duct noiée, was introduced

|
i
|
‘ 33o sweep) in the presence of a suction controlled laminar boundary,
|
|

into the duct system. These tqsts showed that premature transition
could be induced depending upon the sound pressure level, the fre-
quency and the suction rate, At low chord Reynolds number, internal

noise induced premature transition was eliminated by increasing the

transition due to an aerodynamic disturbance in the suction system,

discussed in 2.3.5.3. The mid chord region of the specimen was most

.\r ‘ i sensitive to internal sound. The critical frequencies were those of] -
I l —
) . ! |
o P
. - _B9
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the—Tollimen=Schlicting~thegoryefamplified oscillation. Because of

these results, laboratory duct tests and flight tests were conducted.

|
|

!

Laboratory Duct Noise Test. Thq goal of this test was to determine
the perturbation velocity from :the suction slot resulting from an
acoustic pressure in the main spanwise duct as a function of duct flow
Mach numbers and slot flow Mach Jumber. The test specimen was part of
the X-21A lower wing surface. T?e test and the results are described

in detail in Reference 2-102. Suction, flow rates and altitude

effects were simulated, however, there was no external flow (or

boundary layer). A sound generator was located downstream of the
panel, slot perturbation velocities were measured with a hot wire
anemometer. An expression for the transfer function relating the slot
perturbation velocity and the duct sound pressure level was obtained.
Application of this method to the X-21A flight tests indicated that
the laminar boundary layer would not be affected by the introduced

sound.

It was during this test that the discovery was made that, at the

higher slot Reynolds number, the

suction slot wake flow oscillated as

it exited from the slot and that under these conditions this dis-

turbance could dominate over the

sound pressure levels, see 2.3.5.

X-21A Flight Tests.

determine the effect of internal

Flight Tests were conducted,

disturbance arising from duct normal
3.

on the X-214, to

noise on laminar flow control. These

tests covered, for the X-21A configuration, all aspects of the prob-

lem, namely generation of noise by compressors and duct flow compo-
and the final

The results are summarized in

nents, noise propagation through! complex duct designs,
effect on the laminar boundary layer.
Reference - 2-87. The first partlof the tests was to measure ambient
duct sound pressure levels existing in representative spanwise ducts
at suction system settings used éo obtain laminar flow at an altitude
of 40,000 ft. Overall sound pressure levels measured were in the
range of 103 to 121 dB. 1In the gecond part of the tests, sound gener-

ators were installed on the airﬁlane and additional sound (discrete

1753
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into selected ducts during M = 0:75 cruise at 40,000 ft. with laminar
flow control surfaces in operation. The introduced sound was gener-
ally 6-15 dB above the ambient Auct overall sound pressure level in
the duct and 10-20 dB above the! corres- ponding duct noise spectrum
level. No evidence of any deterioration of the wing laminar flow was

reported during these introduced 'sound tests.

Although it is not possible to étate that internal sound is a negli-
gible factor in the design of ailaminar flow wing, a conclusion of
Reference 2-87, based on internal noise tests in wind tunnel, labora-
tory work and X-21A LFC flight test is that the lack of any evidence
of deterioration in the laminaA flow with sound 10 to 15 decibles
higher, on a spectral basis, thén the normal (X-21A) sound pressure
levels provides reasonable assurance that internal sound is not a
factor of primary concern in the maintenance of laminar flow. Although
this conclusion is directly applicable to the X-21A configuration, it
could be representative of LFC suction systems in general, particu-
larly those with low duct flowlMach numbers. Further, suction com-
pressors for the 1990's will probably be quieter than those used in
the X-21A Program. However during any future LFC program, with a
different configuration, it is recommended that duct internal noise

measurements be taken in order that the situation be re-assessed.

For the above reasons, and because of the difficulty of formulating a
generalized prediction procedure for such a complex geometry, no
methods for the direct prediction of internal noise levels in the duct
are presented, although some suggestions are made as to a starting
point here it is deemed necessary.

2.3.5.3 Internal Aerodynamic Disturbance Sources - The stability of a bound-

f
ary, layer, in the presence of disturbances emanating from suction slots, has

:recently been analyzed in Reference 2-103 for low suction velocities.

In addition to internally generated noise producing a disturbance at the suc-

tioh surface, an aerodynamic disturbance generated by the slot flow wake in

~

£27)
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disturbance intensity from this aerodynamic source can, under certain flow
conditions, be more intense than that ?created by the internally generated
noise and thus be the dominant disturbance. This situation is believed to
have existed in the wind tunnel LFC tests:of References 2-99, 2-100 and 2-101.
The presence of such a disturbance was éonfirmed in the laboratory test work
reported in Reference 2-102, and is discussed in detail in Reference 2-10U4.
The conclusion is that with the suction gystem configuration of the X-21A and
‘at slot Reynolds numbers (R = Vw/y, wheré V is the slot mean flow velocity and
W i; the slot width) above 120 to 140 the wake of the slot flow oscillates and
creates a disturbance that can propagate!through the slot to the wing surface
andjdisturb a laminar flow. The presencé of this phenomena is probably also a

funbtion of the slot and plenum chamber design.
{

}
;SinCe this phenomena is more related to unsteady aerodynamics than internal

fcoqld provide an upper limit on design slot Reynolds numbers. Its importance

noise, no prediction of this phenomena is included in this study. However, it

‘in pther configurations might require further investigation.

1
i
1

:2.§.6 Other Disturbance Sources

2.3.6.1 _ Structural Vibration - Tests and analyses were conducted to determine
whéther vibratory suction duct wall motion induced by structural response to
aero-acoustic loading, by mechanical excitation or by transmission of vibra-
tion could result in a pumping action &hich would induce high suction slot
velocity at the wing surface, Referencel 2-87. This would originate from a
fluctuating duct volume arising from duct wall oscillatory motion. Conserva-

tive analyses showed that the induced slot velocity is negligable for the duct

vibration amplitudes measured. Further,{ in the experiments (conducted over ﬁ
wide range of flight conditions with the wing possessing both a laminar and
turbulent flow) there was no discernible evidence that any deterioration of

‘the maintenance of laminar flow could be|related to such a pumping action.

;Flight tests were also conducted on the| X-21A to determine the effect of LFC
panel vibration on LFC operation, Reference 2-87. The panel was foreibly

.excited in the frequency range 400 to 1,800 Hz at vibration levels higher than

N PAGE NUMBER ¢
1 l

‘




——‘—,g_.

FIGURE NUMRER

|

- ——‘normally—existedT——The—test—proceQure—waé—to—establish—iaminar—flow-over—the———

CLUSTRATION FI(LE
l
test area of the wing and then slowly vary the frequency of vibration between

the frequency limits. Tests were conducted up to M = 0.8 at M0,00Q'. The

effécts of the forced panel vibration ;on the laminar boundary layer were
monitored by two flush mounted microphbnes located immediately aft of the
‘vibrated panel. The difference in the mﬁcrophone spectra between laminar and
fully developed turbulent flow for normél vibration was established. During
the forced vibration test there was es;entially no difference in the micro-
‘phoFe response with induced vibration exﬁept at the frequencies of the induced
vibration. These tests showed that for the X-21A airplane and structural conq
figuration: 1) that the normal vibration environment did not affect the
Tmaibtenance of laminar flow and 2) that|vibration within the frequency range
.MOOito 1,800 Hz’at magnitudes far in'ex%ess of the normal vibration environ-
‘medt did not affect the maintenance of l%minar flow. These results can pr'ob-I
:ab#y be attributed to the fact that the structural vibration response spatial
characteristics are "in-phase" over panel areas large (such as an overall
l

;paqel response) compared to suction slot sizes. More local vibrations could

‘be more harmful.

. ]
Based on these results it is considered jthat comparative levels of structural

exditation on any LFC design would have similar non harmful effects. Espe-
;ciglly if the future LC aircraft were to be constructed from composite mate-
riéls which have inherently higher structural damping. These effects were not
’coqsidered further in this study. For further information see Reference 2-49.

!
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2.4 CRUISE TRANSFORMATIONS

The basic noise prediction methods predict noise at their best.data base. For

propulsive type noise sources these conditions are static sea level. For air-
frame type noise sources they are at low forward speed and at low altitude. It
is necessary to transform these predictions to the conditions of cruise alti-

tude (30,000 to 50,000 ft.) and cruise Mach number (0.7 to 0.95) and to allow

" for airplane configuration and flow field effects. The transformations may be

considered as being®in three categories, as shown in Figure 2-2, and are dis-
cussed -.as follows. Since not all of the transformations may be applicable to
any given noise source the appropriate transformations for each noise source

are defined. : |
2.4.1 Cruise Effects on Acoustic Strength

The first set of transformations describe the acoustic conversion from the

best data base to cruise altitude, at the cruise operating éonditions. This

includes the effect of speed on acoustic power (relative velocity effects);

the effects of forward speed on propagation and airframe presence effects are

cerred in the next sections. These transformations yield the equivalent of a

"static" acoustic free-field of a single noise source at cruise altitude.

2.4.1.1 Cruise'OEerating Conditions - Using the basic prediction methods the

noise fields are predicted using the values of the noise sensitive parameters g
which exist at required cruise conditions. Thus the propulsive typé noise f ;
characteristics require knowledge of the appropriate cruise mass flows, ' é

temperatures, pressure ratios, etc.

|
2.4.1.2 Relative Velocity - The strength of some noise sources are related / é
to the relative velocity between the exhaust flows and the ambient medium. Of
the propulsive sources jet mixing noise is directly effected. For a single !
model jet flow, experimental evidence, References 2-44, 2-U45, and others, show ‘

|
that the overall sound pressure level radiated in the direction 90o to the in- i

let varies as VR = (VJ - VA) raised to the power between 5 and 6. Thus the
inflight effects may be approximated by: :

— e - PO e ,,..______.___.._.___.i,,‘-,,, e e e
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Propulsion noise sources originating from within the engine are dependent upon

cruise altitude and Mach number. Thus th aircraft cruise velocity influences

‘the value of the engine noise sensitive parameters (such as mass flows, pres-

|
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ThlS relationship is presented in Flgure 2-8 for a single flow jet nozzle

efflux velocity, V_, of 1300 feet/second, The range of experimental confirma-

J |
tion covers low aircraft forward speeds, V

A’ up to about 250 feet/second.
Applying this equation to an airplane cruise velocity of some 800 feet/second
a reduction due to forward speed of 23§dB is predicted. In the jet mixing
noise prediction procedure, for a sinéle jet, this correction factor i§
appiied to noise levels at all frequenciés and in all directions. (A further
refinement here would be to relate the spectral peak frequency and the direcJ

tivity of jet mixing noise to V based on low speed model test work). In the

R’
prediction of the jet mixing noise of a|two flow jet, the effect of relative
velocity is allowed for between each |of co-flowing fluids, e.g. between

prihary and secondary and between secondary and the atmosphere.

aircraft velocity in that the engine cycle is designed'to operate at the

sures and temperatures) used in the'comthation of fan, compressor, combustion
and' turbine cruise noise levels. These noises then radiate from the inlet or
discharge ducts (except for sonic throat and acoustic treatment attenuation
effects),independent of aircraft velocity or any relative velocity. This con-
clusion, at least for low speeds is supported by the experimental work report-
ed in Reference 2-50 and 2-105. Similar comments apply to the laminar flow

control external noise sources.

The airframe noise sources (the turbulent boundary layer and the trailing
edge) are a direct restlt of the freestream airflow. In these cases the free

stream velocity is the acoustic generatin@ velocity.

i

1

t

2.4.1.3 Change_in Jet Efflux Structure at Cruise - At cruise conditions the

e —

jet efflux flow structure will probablf be different to that at sea level

static. The changes could include: 1) different jet mixing characteristics,
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- ——ne)ﬁdifferent-shock—call—spactng—c@gﬁg%£§E§§qhgs—and-?ﬁ—the—presence—of—boundA

.’-'B— ' aryf layers shed from the nacelle. The three jet noise components (mixingi

noise, shock associated broad band noise and shock screech), could well have

their source 1location and acoustic radiation characteristics influenced bw
these flow field changes. These effec%s are not allowed for in these preJ

dictions. However, they do need to be quantified to assess their importance.

‘ |

2.4.1.4 Acoustic Characteristic Impedance - At cruise altitude the acoustié

‘propagation environment is significantly;different from sea level. The air is

: S An |
cold, 'rarefied, and very dry. A comparison of acoustical parameters at sea )(
. \‘*ﬁ—‘

level and a typical cruise altitude are shown in Figure 2-26. The main acous-
‘tid differences are the lower speed of|sound, the reduced acoustic characw
. teristic impedance and the change in atmospheric attenuation. These last two

‘effécts are discussed in the following sections.

|

i

‘Inithis study, the acoustic characteristic impedance, Z, has two important

j

[rolps. First, acoustic impedance, defined as Z = p/u, relates acoustic
[pré
‘/{} ;denit upon altitude and its value reduceslf‘rom 40.7 c.gfs. rayls on a standard

.day at sea level to a value of 9.6 c.g.s. rayls at an altitude of 38,000 feet.

ssure and particle velocity. For a plane wave Z = pe. It is thus depen-

Figure 2-27 illustrates -the variation with altitude. Secondly, the acoustic
power of a stationary noise source, W,| and its acoustic pressure ratiation
field are also related by acoustic impedance. Now acoustic power W= 9; IdA
where I is the acoustic intensity of the sound wave through an elementéi‘area
dA., Since I = p2/pc, then for non-directional spherical radiator at a given

radius, r, dA = A(f) and

W= %El - A(r) 3-30
Thus at sea level T
o r“4;‘—‘""ft )
: . : _ ps (r) A(r)
; f : 9 PsCo '

‘l';<‘ : ; i . ‘ 3-31
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FIGURE 2-27. ACOUSTIC CHARACTERISTIC IMPEDANCE AND ALTITUDE
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‘7“ Thi's equation may be re-expressed as: :
|
|
!
PWL, = SPL,(r) - 10 log (poCp) + 10 log A(r) + K ©3-32
At altitude h, the power level for the same so&rdevis
: i
o l
] L o _ .
PWLy, = SPLp(r) - 10 log ppcp + 10 log A(r) + K | 3-33
‘From which
}
A -- A e T e s .
- ( ' PWL.) + 10 1 [phch] 3-31
= SPL,(xr) + (PWLp, + + og '3~
SPLp (r) - o(x) h Lo ool
N - i o T - - --

ifiﬁst, SPLo(r), is the noise level which would be made at sea level by the

‘Th% sound pressure level at altitude is thus derived from three terms. The
source with the source operating at sea hevel conditions. ‘Thus, the acoustic
prediction would be made using the noise sensitive parameters, e.g., mass
flows, densities, temperatures, pressurejratios, velocities, revolutions/ sec,
‘etg. The second (PWLh - PWLO) represents the change in acoustic power between
'sea level and cruise altitude conditions|(due to the change in noise sensitive

:paﬁameters) but still at sea level (which assumes operating at sea level

imﬁedance). In this study the first and |second terms are effectively combined
since the noise level at sea level using;cruise source operating conditions is
calgulated directly. (The effect of otber factors such as relative velocit;
on acoustic radiation are considered sep%rately.) The third term, 10 log is
the correction for the change in charaéteristic impedance between sea level
gand altitude. This factor is shown in Figure 2-28. It is applicable to all
the noise sources. At 38,000 ft. this correction factor is -6.3 dB applied to

‘% the sound pressure. It can be seen that|for a noise source which has constant

~—- --——— acoustic-—power—outputs—increasing—altitude—reduces—the—radiated—acoustic— -

; | - va A
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- omitted. 1In any event, this approach will be somewhat conserva
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pressure. However, from the above equations, it can be shown that the corre-
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sponding particle velocity incéreases, as shown in Figure 2-29.

2.4.1.5 Atmospheric Absorption - The :atmospheric absorption of sound in

quiescent air can be well predicted, asfa function of frequency, over a wide
range of temperature (0° to 100°F) and rélative humidity (10% to 100%) condi-
tions at near sea level altitudes, Refeﬁences 2-106 and 2-107. The attenuaJ
tions are most significant over large éistances and at higher frequencies,
For cruise noise predictions some large propagation distances could be in-
volved. The pressure, temperature a?d relative humidity at 40,000 ft.
(18.75(10)3 N/M2 and 216.7°K (with zeroirelative humidity), are far outside
the range of the curves of Reference 2-122 or the data of Reference 2-123).
There appears to be no method availablei{to predict the absorptive character-!
istics of the atﬁosphere at high altitudés.
'Bogh of the above references relate atmospheric absorption coefficients, .
:(dB/1000 ft or dB/M) as a function of frequency to temperature, pressure, and

‘relative humidty. One of the more obvious trends in this relationship is that

at isea level pressure, with the other factors constant, as temperature de-
creases the absorption coefficients reach a peak and then reduce to smaller
valﬁes at the lower temperatures, as shown in Figure 2-30. The equations of
Reference 2-107 (which have not been verified for temperatures below OOF
(255°K)), have been used to generate a "reference" set of absorption co-
efficients, Cécruise. for the conditions|at 40,000 ft. on a standard day, and
are shown in Figure 2-31. Also shown are the corresponding 1/3 0O.,B. level

reductions at a distance of 50 ft. as| a result of atmospheric absorption

alone. Note, however, that at Mach 0.8 'an observer distance of 50 feet will
translate into a varying propagation path length of from 250 ft. to 28 ft. for
observer positions directly in front of to behind a moving source, respective-
ly. The projected dB reduction at 2505ft. is therefore included in Figure
2-31. In this case the absorption becomes significant only at the high
frequencies. E

Even though these attenuations have been|extrapolated well outside the appli-
cable ranges of their controlling parameters it is‘felt that the results in-
dicate that this correction to the predicted cruise noise levels may be

tive.
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‘ 1/3 O. B. CENTER _Giise _ AdB _AdB
FREQUENCY (Hz) dB/1000 ft. 50 ft. 250 ft.
50 0.01 0.0 0.0
63 0.01
80 0.01
100 0.01
125 0.01
160 0.01
200 0.02
250 0.02
315 0.03
400 0.04
500 0.06
630 0.10
800 0.15 ‘
1000 0.23 0.1
1250 0.36 0.1
1600 0.59 0.2
2000 0.91 v 0.2
2500 1.42 0.1 0.4
3150 2.25 0.1 0.6
4000 3.63 0.2 0.9
‘ 5000 5.66 0.3 1.4
6300 ‘ 8.98 0.4 2.2
8000 14.48 0.7 3.6
10000 22.63 1.1 5.7

* This column is for an observer (moving with the source) located 50 ft. directly
in front of the source moving at Mach 0.8. (r'=50 ft., r'=250 ft.)

FIGURE 2-31 ESTIMATED ACOUSTIC ABSORPTION COEFFICIENTS AT 40,000’

04/ e
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This set of transformations describes four changes in the noise field due to

o 1

L
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2. u 2 Forward Speed Effects on Acoustic ‘Propagation

i
i
1

the motion of the noise source and the ﬁeceiver (moving along with the noise

source) through a stationary medium. f

2.4.2.1 Cruise Co-ordinate Transformatibn - Noise prediction procedures are

- acoustic-—-prediction—methods-

T _ PAGE NUMBER__

generally applicable to the case of the noise radiated by stationary source1

and observed by a stationary observer, e. g., a test stand type situation. For;

application of static type data to thelcrulse condition, allowance must be,

made for the effect of the moving source{and moving receiver, This movement{

changes the perceived location of the receiver in the sound field and necessi-

tates a cruise co-ordinate transformation| which is developed as follows.

{

During cruise, through a stationary, homogeneous medium, the airplane noise
A A

receiver location, situated on the airframe also travels in the same direction

l
éources travel along with the airplane at the airplane Mach number, M

and .at the same speed, as illustrated ianigure 2-32 (where the noise source
example is the forward fan noise). The| sound field radiated by the moving
souﬁce has a propagation velocity, relative to the stationary medium of the

speed of sound, corresponding to M = 1,
Relative to the moving noise source, the airframe co-ordinates are r, «b the
co-ordlnate system moves with the aircraft, these co-ordinates are thus

phy31cal co-ordinates of the airframe receiver point.

The receiver perceived location in the moving sound field is different to the

physical, real, location of the receiver.| The reason for this can be seen in
Figure 2-32. Because of the source/receiver velocity, a receiver located at
r ¢? actually hears the noise radiated to another location rt, éi' where r!
and<¢' are the static distance and directivity in the sound field. r' and ¢'
define the real travel distance and directivity of the acoustic ray. The
relationship between r, ¢ and r! dﬁ' must be established in order to convert
from the receiver apparent locatlon to the receiver actual perceived location.

The new location is the location to be used for applying static (test stand)

=

“ﬂgy ‘ﬁQég

i
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In the time that the noise source, and the receiver travel a distance 'Ax (=
x' - x) the sound wave travels a dlstanCT r'. Thus
A _ '
N&&- C C
| .
g » 2 |
'Further from geometric relatlonshlps, cot¢p = , cot Qﬁ' = ',and r'2 = x'° +
L]
y'?. From which it can be shown that: !
1 / 2 !
x — -
cotd = _—'—T [cot¢ +MA 1 MA c0t¢] . 3-35
1 -MA ) !
1 - ——— - Tt - B -
'and
I : R S
. sing
r'' = ————e -
! . sin¢"' 3-36
| . :

|Flgure 2-33 shows the relationship between é” and ¢p' for a range of Mach
l
|

numbers. Effectively, the static noise d1rect1v1ty is swept back by the

alrcraft motion, so that'¢ is equal to¢¢d' at™. 0 and 180[. but elsewhere is
%
1ess than ¢'

Flgure 2-34 shows, at M = 0.82, the relationship between r and r!

é;' Ahead of the noise source r'> r while aft of the noise source r' < r!

for various

The effect of distance transformation on sound pressure level, for a

> ry K3 . ,- K3

non-direc- tional source, is shown in Figure 2-35, where it can be seen that
. . . . l . L

there is a reduction in noise level ahead of the noise source and an increase

behind the source.
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A further effect of source and receiver Totion is to change the observed wave-

length (and hence wavenumber) of the acoustic signal relative to the receiver.
: !
|

|
i

Thus, to calculate the noise at the cru?se co-ordinates r, - which are the

physical co-ordinates - one of the first isteps is to determine the transforma-

. ]
tion to the equivalent static co—ordinatps r', ', where the static noise i%

then calculated. This transformation lis required for all external noise

i
sources. In all the noise predicti?n progresses this is achieved bf

1
specifying r, ‘¢ and M. !

!
' - S

2.4,2.2 Doppler Frequency Shift - A stationary observer listening to a

stétionary noise source, when both are in a stationary medium, hears the
source ra&iated true frequency. When relative motion exists one to another,
changes in observed frequency and wavelength occur. The general equation for
the frequency shift has been defined in Reference 2-108, Equation (14). For
cruise noise prediction the medium is assumed to be stationary and both

observer and source are in parallel motion. That equation then simplifies to

co + |Vp| cosép

o T fs ToTTVL cosens 3-31
where o
fo = observer detected frequency
fs = source true frequency
e, = speed of sound
Vm = moving observer velocity
VS = moving source velocity

-

angle between source and observer

o | ( B | i
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‘ | .
Two cases are of interest. First, when the observer and the noise source are

travelllng together at the same speed and in the same direction, the above
eqqatlon indicates no change in frequeqcy. This applies to noise sourceﬁ
which are fixed relative to the airframé} e.g. fan, turbine, core, jet broad

band shock associated, and trailing edgel noise. The second case is when the

. hoise sources travel at a speed different to the observer. Examples of this

are jet mixing noise, where the sourceslmove aft relative to the nozzle, and
turbulent boundary layer noise, where the sources move aft relatlve to the

fuselage surface. The observed frequency shift is then given by the above

'EqQation. This effect has not been included in the prediction of these two

noise sources. A special case is of jet |shock screech where the- feedback loop

time is influenced by airplane forward sbeed. This effect is included in the
: ‘ |

computation of cruise screech frequencies.
i
1
|

2. 4 2.3 Convective Effect - It has been theoretically shown that subsonlc

Imot1on of a noise source changes its statie directionality as heard both by a
,statlonary observer and by an observer moving with the noise source,
Reférences 2-14, 2-50, and 2-109. The change in acoustic intensity ig
proportlonal to (1 - M cosdﬁ)N where M is the source convection velocity
and &b' is measured from the direction of motion. Some authors, Reference
‘2—1u,.1ndlcate that the exponent, N, is dependent upon the type of noise
'source, e.g., N is equal to 2, 'N, or 6 for a single monopole, dipole, or
;quahrupole, respectively. Others, Reference 2-50, indicate that the exponent
'N is equal to U4 independent of noise source. For N = 4, the change of sound

pressure level is

i T ._ 7 1 :

I S v

This relationship is shown in Figure 2-36, for two convection Mach numbers.
‘ |

Thus, in motion the acoustic pressure :field carried along with the noise

source has a preferential radiation forward and a reduced radiation aft. This

phenomena is often referred to as conv%ctive amplification, here it is re-

| |

T |
M- “ =
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I
el h t4 ffect—o f: ddition—t h
- ﬁ red—to-as—the—convective—effec uumﬁa}cﬁﬁﬁn?CE—is_in addition—to—any—change

./:;} in observed frequency - known as the Doppler Effect.

i : ’
1 |
Recently the convective effect has been identified experimentally, for low

- forward speeds (M = 0.1-30.25). References 2-110, 2-111, and 2-112 report an

analysis of the effect of forward motion on various engine noise components
.fot large airplanes. In correlating static .and flyover noise, on a source
' separated basis, the convective effect, including the strong forward arc lift
Jwaé shown to hold for fan, core, and tu%bine noise. For all the above noise
'sodrces the exponent N was equal to 4, In Reference 2-U49, again at low
.spéeds. model tests with simulated forward speed in an acoustic wind tunnel
éshdwed for shock associated broad band noise and for upstream generated
3n01se, that the convective effect, with N = 4, was clearly evident. Reference
32 50 also showed the same effect for model tests with simulated forward speed
w1th N = U4 for shock associated broadband noise. Thus, at low Mach number s

th% convective effect, for a wide range of noise sources appears to be

|
!
.1} {In iJet mixing noise, even for a statlc englne, the noise sources are convected

.

;downstream. Jet mixing noise predlctlon theory uses the convective effect

)

’reésonably well validated.
|
{
!

‘codcept, as applied to a distribution of moving quadrupoles. The theory accu-
;raﬁely predicts the directionality of mixing noise, with the directionalipy;
rpeaking in the aft quadrant, in the direction of motion of the noise sources.

iThe theory covers a wide range of subsonic convection velocities.

|
An ;analysis of static to flyover noise, at lower airplane speeds, reported in

.Reference 2-113, incudes the convective leffect on an individual noise source

‘basis. High and low by-pass ratio engines are examined. The reported corre-

I 1 .
‘lations are good. The conveétive effe%t applied to engine core noise helps

explain why forward quadrant noise staysi high at forward speed.

Foﬂ application to the prediction of cruise noise the convective effect as

described in the above Equation is used directly for all of the noise sources,
;wigh M, €qual to the airplane Mach number, My, except (i) jet mixing noise
%) g(whpre the convective effect is already|built into the prediction model) and

./ .(11) turbulent boundary layer noise (where M, = 0.18 MA)‘

i
——— e e

L

| /Vf4 b

!
‘

1 PAGE NUMBER B
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high incremental noise levels (to +28 dB) are predicted; at 90° it drops to

g ILLUSTRATICN TITLE
From Figure 2-36, it can be seen that in!the forward quadrant at M = 0.8 some

zeﬁo and in the aft quadrant noise level {reductions (to -10 dB) are pr‘edic’ced.I
The test work has verified the convective effect for angles from 30o to 150c
atiMach numbers up to 0.25, as shown by|the full line. In view of the large

impact at the higher Mach numbers, experimental validation at these speeds is

furéently required.
: i i '
| ] '

‘2.4.2.4 Dynamic Effect - This is a factor introduced by Lighthill, in his

,deﬁivation of the noise radiated by distributions of convected turbulence (jet
;mi%ing noise and turbulent boundary|layer noise) when that region of
;tuﬁbulence moves through the atmosphere, Reference 2-14. This factor 1is
Tsoﬁetimes referred to as dynamic amplification. For jet mixing noise,

‘Liéhthill states that the directional distribution of intensity is modified by
o

1l

thé factor=1-MA'caéi?' (using the notation of this report) or that the sound

e e e U S - SIS S 2 r——

|
|
#pressure level is changed by:
|
i
%

e L. R foe— - -

!
|
|
|
!
|
!

' This relationship is shown in Figure 2-37 for thé case of M, = 0.25 and for M

) A A
'= 0.8. It shows an increase in -observed sound pressure level in the forward

‘quadranﬁ, no change at 90o and a reduction in the aft quadrant. The effect is

small for the case of aircraft at low speeds, M = 0.25, (typical of takeoff

;and landing) being between +1 dB. However, at higher cruise Mach numbers, M =

lo.é, the effect is much larger, showing a maximum increase of 7 dB in the
' I ¢

‘foéward quadrant. ‘

Foﬁ radiated turbulent boundary layer noise, the equation becomes

| o

U S,

1
1 +Mpcosd ') ' 3-40

AdBpp = 10 log (

o | T

o PAGE NUMBER
| f
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‘51nce the turbulent boundary layer n01se producing eddies are moving in the

same direction as the fuselage wall,

i

is 'shown in Figure 2-38, it is opposite to that for jet noise.

1

relftlve to the ambient air.

The dynamic effect phenomena is applica

(jét»mixing noise and radiated turbulent boundary layer noise) and not to

.point source noise (fan, core, turbine,

c ]

screech and trailing edge noise).
. |

;former group of sources.

{
; |
i

‘identified, either at low speed,

‘Effort is required to understand and confirm the validity of this factor

thJoughout the speed range.

the effect is for more significant,

tefqect is equally applicable to point sources as well as distributed sources
The effort

‘alﬁo requires clarification.
Il

ith%s effect to observer locations
)

jsource - needs further study both theoretically and experimentally.

|

I
j2.4.3 Aircraft Configuration Effects
o

is

i
It is, included in the predictions for the

{Thére do not appear to be any reports

where the effect is small or at high speed.

Application

e

fThé noise prediction methods, with their

‘peride a free-field sound field moving along with each single source, and un-
‘influenced by the presence of the airframe.
[reiuired is that at locations on, or in the vicinity of, the airframe surface.
iThﬁ presence of the airframe can modify| the free field noise levels through

‘the number and location of sources, by %ncorporation of noise control devices

and by physical shielding.

frame creates boundary layers, wakes and vortices,

influence the acoustic propagation.

;sodnd field is subject to reflection and diffraction effects.

Further the aerodynamic flow field around the air-

The effect

ble only to distributions of sources

jet broadband shock associated, jet

or data where this effect has been

to high aircraft Mach numbers where

therefore questionable. Whether the

to better define the applicability of

ither stationary or moving with the
t

transformations to cruise conditions,

However, the sound field which is

and shock waves which can

On| arrival at the airframe surface the

These airframe

modlflcatlons (installation effects) to the sound field are discussed in this

sectlon and, where possible, methods proposed for thelr evaluation,

o

! PAGE NUMBER

|
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1LLUSTRATION TiTiF
Number and Location of Noise Sources

{

2431

estlmate the n01se from a single n01se source,

The prediction procedures

-

O
@ |
On an airframe, multiple

sources usually exist (e.g., propu131oq units, suction units and trailing

|
i

| !

AcoUstically is would be simple if the identical noise sources could be

edges).

grouped together, then the single source sound level field would be modified

bY-l l

|

i

.\\

However, this simplification can only

AGB

10 log N

|

| . .
where N is the number of noise sources.

be ljustified where the individual source to observer distances, r, are much
éreeter than the individual source separation distance, di' e.g., ry > di:
the7cluster of noise sources thus appear|as a single source. Further, there

N

‘7"

should be no structural shielding between sources. An example of where this

approx1matlon would be permissible is for
each other (such as mounted on the same
is to be predicted on the wing.
estimation of noise close to the source,

'

theinoise contribution for each unit must

2.413.2 Noise Suppression Devices - Modi

noise can occur through the incorporation
to the various noise sources. For examp

treatment to propulsive and flow control

propulsion units located adjacent to

side of the empennage) and the noise

However;, where the predictions require the

this approximation is not valid and

be evaluated separately.

fications to the predicted free field
of noise suppression devices applied
le the application of acoustic liner

inlets and discharge ducts can be

used to . attenuate fan, compressor, core

and turbine noise., . Such acoustic

tredtment might be introduced for noise control either during terminal opera-

A method
t

tions or for cruise operation.

tions due to acoustical 1linings in

presented in Section 2.3.3.7. The same

for estimating noise source attenua-
erms of spectral directivities is

section includes procedures for the

estlmatlon of spectral directivity attenuations arising from inlet operation

at high throat Mach number.

e

)
s

PAGE NUMBER
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‘Jeﬁ noise control may be obtained through nozzle design. The jet noise

- Should any other type of acoustic suppr;ssion device be applied to any of the

‘2.4.3.3 Airframe Flow Field Modifiers -| The aerodynamic flow around the air-

~During cruise the turbulent wakes, especially those shed from the wing trail-
: I

_speeds of interest requires further eleuation. No allowance for the in-

«e—m-—-gated—in—this—study-.

—h20<—

ILLUSTRAT:ON TITLE

prediction procedures of Section 2.3.3.5 cover the acoustics of single flow

(mixed flow) and two flow nozzle designs;

I

propulsive, airframe or flow control noise sources,then the effect on radiated

‘noise levels can be determined if the |spectrally directive attenuations of

: j
that device can be estimated during cruise operation.

‘ . |
‘frame creates super-velocity fields around the 1lifting surfaces, boundari

1ayers, and edge wakes as schematically éhown, for an engine under the wing
installation, in Figure 2-39. All these| features detract form the assumptioJ
;thét the sound field propagates througﬂ a homogeneous atmosphere, The re-

suftant magnitude of the scattered, refracted and reflected sound field is
|

lextremely difficult to assess.

}iné edges provide shear layers through which, often, the acoustic rays of]

interest must propagate. An acoustic janalysis of the impact of the wake

‘trénsmission is beyond the scope of this effort. However, Rawlins, Referencq
2-114, shows analytically that a wake has a shielding effect which becomeg
mofe prominent with increasing Mach number, up to M = 0.9. Some analyses to
:account for this problem is reported in Reference 2-115, which uses Rudds
-.concept of sound scattering by turbulence, Reference 2-116; this study was

;pefformed for low airplane needs. This problem, especially at the high cruise

ffldence of wakes on acoustic propagation|is included in these predictions.

!
At high cruise speeds, the lifting surfaces are surrounded by a flow field
whose local velocities can be much highér than that of the speed of the air-
plgne. On the upper surface especially regions of supersonic flow exist,
which are terminated by a shock wave. Since an acoustic wave travels at the
local speed of sound the presence of this region could be an effective barrier

to upstream noise propagation. This effect has not been specifically investi-

t

made using an "equivalent barrier" approach.

408 pEEY

Estimates—of—the—noise—attenuation—could—possibly—be—

PAGE NUMBER —_
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':Fori the sound field to finally reach the airframe surface it must travel

_ '

‘I ILLUSTRATION TITLE

Ethrough the adjacent boundary layer - which in this case must be laminar.
Interactlon with the boundary 1layer |velocity gradient causes refraction
‘(change of direction) of the incident wave front. This effect is included,

.for| plane waves, in Section 3.

f~ -— A - 1 - - o7 I

2 4 3. Y Airframe Shielding - The presence of an airframe surface in ad

acoustlc free-field has two effects. Flrst, a structural surface placed
_beﬁween a noise source and the receiver| point can provide shielding, e.g. a4
reduction in observed noise. Second when the noise field is incident upon a
fsurface an acoustic pressure increase can occur at the surface. These effects
1
!
|

are shown schematically in Figure 2-40.

iThe beneficial effects of shielding have been investigated, analytically and

experimentally largely in connection with static, far field point sources and

stationary receivers. However, during cruise a moving noise source could be
shilelded by a moving surface. .The noilse source can be a point or a dis-

tributed noise source and the shielding‘effect of the surface will often bJ

required in the near field. The simpler approach to estimating shielding
!

effects (statiec, point source far field) predicted in References 2-117 to

2—%20 and the most recent and extensive investigation of low speed wing

;shi%lding of Reference 2-121 were considered for use in this study.

References 2-117 and 2-118 present an analytical equation derived by R. O.
Fehr for estimating the excess attenuation due to a rigid barrier. The
exﬁerimental data as shown in these references show good agreement with Fehr's
equation. The measured data do, however|, show a practical limit of about 20
dB |which Fehr's oﬁtical-diffraction theory does not predict. However, this
'‘equation is enly applicable to a point source and a receiver located on the
:grohnd separated by a semi-infinite barrier in a still and homogeneous

atmosphere,

RefFrence 2-121 presents a rather detailed and involved procedure for the
estﬁmation of wing shielding effects on turbomachinery noise at low speeds.

Thig method was developed from experiment (using models and at low speeds)

| i

o

N22.-

’—_.—7_'._,‘_“, e — ———d it
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FIGURE NUMBER

- —us —a—theor cal—-model—based— — —
-u 1ng eti °n,£85£388§?PL?"d diffraction

'turbomachlnery noise is said to appear Fs a distributed source which may be

represented by two point sources.
coordinate transformations for wave prop

adjusted theoretical model predicts a sig

I

The effect of forward speed is treated bﬂ

agation in flow. Their empirically-

nificant increase in shielding effec-

tiieness with forward speed, but their wind-tunnel results show little if anﬂ

effect. Sound scattering by the wing

observation. Finally,

P !
Shielding effectiveness be assumed negligible.

wake 1s said to account for this

it is recommended that low speed flight effects on

Furthermore, it is not clear

how this method might be applied to wing shielding of aft-fuselage mounted

‘engﬁnes. Reference 2-121 also presents

'shielding. However, it is rather tentativ

|
i

!

a method for estimating fuselage

e in nature.

Forlappllcatlon to shielding of point noise sources, considering the relative

complex1ty of the method of Reference 2

|

Fcted for use in the present study.

and' the uncertainty of forward speed eff

;sel
reasonable estimate of wing or fuselage s
?
|
i

'Thie shielding estimation procedure has

‘that considerable improvement is required
i I

~121 - still a far-field predictor -

ects, the simplified method has been

This method is considered to yield a

in this area.

not been verified for application to

;thefnear—field.
hea;-field,
about 5 dB regardless of frequency.
developed, the equation will be applie
Shiélding surface cannot be represented
duc&ions of Figure 2-41 may be used.

éidEred as point sources are the fan (fo
éhoek screech, The 1locations of these
elsewhere.

source,

the results indicate an inJ

Therefore,

For shielding evaluation purpose!

However, if the basic prediction equation is applied to the

rease in shielding effectiveness of
until a better method is
d to the near-field or, where the
by ‘a simple barrier, the noise re-
The noise sources which may be con-

rward and aft), core, turbine and jet

noise sources has been identified

Jet shock associated broadband noise is a distributed noise

s it is proposed to treat this source

as a point source whose location is at the first shock cell - a distance of

1.1L, downstream of the jet exit on the j
I

?orﬁ application to distributed noise

metpod can be extended on a source distri

Sources,

et centerline,

the single point shielding

bution basis. Here the noise source/

hielding effects although it is clear|

)
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1/3 O.B. CENTER
FREQUENCY (Hz)

50
63
80
100
125
160
200
250
315
400
500
630
800
1000
1250
1600
2000
2500
3150
40000
5000
6300
8000
10000

FIGURE 2-41  ESTIMATED ONE-THIRD OCTAVE BAND

SHIELDING
dB

5.7
6.7
7.8

' 8.7
9.7

10.8
1.7
12.7
13.7
14.8
15.7
16.7
17.8
18.7
19.7
20.0
20.0
20.0
20.0
20.0
20.0
20.0
20.0
20.0

NEAR-FIELD NOISE SHIELDING REDUCTIONS
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1baﬁniep#noise-reeeiven—&ocabion—geometnﬁ—would—vary—for—each—element—of—the
‘diﬁtributed noise source - each of which!would be regarded as a point source.

Th% total noise level at the receiver woﬁld then be the sum of the individual

-e1ﬁmental area, Ai' of the scrubbed sPrface would be treated as a point
‘source.
empirical equation for far-field wing-shilelding of jet noise.

| ' ]
:euntion is said to include the effects of forward speed since shielded jet

In Fhe near-field a more precise knowledge of the acoustic pressure distribu-

1 {
“ition may be required on the edge and in the vicinity of a shielding surface -

HEUSTRAWON T LE

shﬂelded contributions. Should shielding affects need to be evaluated for

radiated turbulent boundary-layer noise this method should be used. Then each
|

However, for jet mixing noise Reference 2-121 presents a completely

This prediction

noise appears to scale on velocity in the same relationship as unshielded jet

noise. This equation also accounts for |the distributed source nature of jet

Enoibe. Therefore, this method is used to estimate wing-shielding effects for
pylbn—mounted engine configurations. The equation is modified by a constant,
o

ftotapproximate near-field values, to be|consistent with near-field estimates

lfor shielded point turbomachinery noise sources.

|
isuch as the wing leading edge.
}

ﬁhielding surfaces as shown schematically in Figure 2-140. An analysis of
thefe patterns is beyond the scope of thils study.

|

2.4.3.5

|
{ reflected.

incfeased over the free-field value. For

- Acoustic
At the surface the ac

Airframe Reflection

are

waves incident upon rigid surfaces
oustic sound pressure level can be

example, a flat surface exposed to a

norﬁally incident plane wave will experience an increase of acoustic pressure
of 16 dB over far-field pressure (surface pressure doubling), whereas for
éra%ing incidence there is no increase in pressure. The increase in pressure
is é function of the incidence angle. Tﬁus wings, fuselage and empennage will
havé different local acoustic pressure surface amplification factors dependent
upoﬁ their orientation relative to the noise source. The sound pressure level
incfease at the surface may be approximated by

|
! L —

AdB = 20 loglo (1 + sin®)

Diffraction patterns exist around edges of
; ‘

LR
N
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t
surface.

‘with the

|
, However,

.pressure

|

boqndary

ILLUSTRATION TITLE

is the angle between the incident ray and the local tangent to the

For the cruise case the incideqce to be used must be that associated

transformed:$ = ¢?.
. 4

in the interaction between noise and the boundary layer the acoustic

distribution is required not only at the surface but throughout the

layer. The acoustic criteria analysis section only requires as input

J !
‘the free field acoustic pressure, and, the methodology there computes the

t
1

‘necessary acoustic pressure changes throughout the boundary layer and at the

surface.
|

i
!

!
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- - 2.5 CRUISE—NOISE—PRBDICTION—ME?HODS—MANUA%

| YLEUS TRAL O

.’5 i |

The prediction methods manual, "Near-Fiéld Noise Prediction for Aircraft in

TITLE

Cruising Flight" NASA CR1591QS. is a} completely separate but companion
document to this study volume. That svolume is the result of the study
reported here. Whereas this volume coptains the background material for
methods and transformation development,!the Noise Prediction Methods Manual
summarizes and explicitly definesvall the prediction methods and equations.
Thefe the methods have been organized as:computational algorithms. Each noise
source has its own computational algoritpm, from which computer programs may
be developed. Computer programs are not?a specific output of this study.

Herver. computer programs have been developed from the computational
{alggrithm. The acoustical output of each program is the free field noise
épe%trum level at a specified point. To obtain the total noise at a point
}eqbires the use of all the separate noise prediction modules. To obtain a
Poi%e contour would require multiple use| of the modules. Examples of these

écoﬁstical outputs are used as illustrations both in CR159105.

”4)_ | 3
¢ '

/

; ; Iq.g
Adeg ’

|
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l

. f
| FIGURE NLGRER

!
! }
An example of the application of the crdise noise prediction methods is shown
in;Figure 2-42, The airplane configuration is high wing with engines mounted

under the wing. The engines are advanced high bypass ratio turbofan engines

(of the 1985-1990 time frame technologw) the inboard engines are spaced 20
feet from the fuselage side wall. The glrplane cruises at a Mach number of
0. 8 at an altitude of 40,000 feet. The noise is computed at a point m1dway
between the fuselage and the inboard englne at a wing midchord location. All

I
the appropriate noise source cruise transformations have been applied. Th

{1 T ¢ S

.noise levels are spectrum levels and ane free field, 1In this example, th

: . . ! R . .
dominant noise sources are seen to be propulsion noise sources - jet shock
. i

associated broadband noise, fan and turbine noise. In this example no acous-
tic treatment has been applied to the fan inlet or discharge duct or to the
;tuﬁbine. Incorporation of an acoustically treated nacelle would considerably

|
reduce the fan and turbine noise levels shown and leave the jet shock asso-

!ciated broadband noise as the dominant noise source throughout the frequency

irange. For the airframe noise sources, [at this location, trailing edge noisJ
1s,pred1cted to be higher than the n01se,radiated from the turbulent boundary

|layer.

1

‘At :other locations, and for different engine/airframe configurations,
different conclusions as to the relative importance of contributing noise

.sources could be drawn because of noise source directionalities and

‘transformation effects.

|
i
S

l tﬁ» c

| - 397

! PAGE NUMBER
|

ek




I1dWVYX3T WNY1D3dS ISION ma.OmZOU Cr-2 NOI

(ZH) AININO3Y4 _

NOT 0STS 008 002 05
r ¥ ¥ \ 1 L}
| /- /
NILNL > 30) V
: Pl “1'g gunL
— .
I — \
\ s ONIXIW 13F
| NRL |
| _
20 L’
N NIOHS m__,/ /.
J AN ~_.. I 2N
IV Y4 / . T
I 1N _
RN AR /]
r Wy \ I
T ¥ \ J
] \ ] \ A i’
N W v N A
N\ \ // (3
I/||l/ \
/;l\
| INIONI QILNNOW-INIM
QYOHD-UIW ‘XO¥ddY “NION3 ONY 30VT3SN4 NIMLIE  :NOILYIOT

08'0="C ‘14 000701 1¥ ISINYD

08

06

0TI

021

00T

(gP)
13A37
WNYLI3dS

130



| |
{

, [ (
| FIGURE NUMBER

21

-able in the X-21A time period, 10 to 15 years ago. In fact some new noise

! ' - ! . Iy 3 s
In the propulsion area, fan, compressor, core and turbine noise prediction

! ILLUSTRATION TITLE
2.7 CONCLUDING REMARKS |

|
The basic noise prediction techniques sqlected for use in this report repre-

sent significant advances in acoustic prediction technology over those avail-
]

sources have become apparent.

tedhniques have recently been developed |for far-field application to current

|
|

%conéidered similar to those appropriate for 1985 - 1990 engine time frame

‘high by-pass ratio turbofans. These [turbomachinery noise components are

ftechnology. It is shown here that thse methods are also applicable to
prediction of near-field noise. Each |source requires its own co-ordinate
system. The impact of low forward speed on these sources is still being
‘eprored For jet noise the past near-field emphasis has been on mixing noise
’at ,low speeds. During cruise however, {shock waves could exist in the jet
efflux flow. But much work has recently |been performed on the far—field noise
of Jet shock associated broad-band noise at low speeds and this data was used
to predict jet shock associated broad- band noise. This data needs to be
extgnded for better near-field representation.

; i

iIn ﬁhe airframe noise area it was concluded that for an advanced technology
airframe that the dominant noise sources jwould be the turbulent boundary layer
and  the trailing edge. Methods were developed for the prediction of near-field
noi%e fields of these distributed noise| sources. It was concluded that by

accounting for noise source elemental distribution and directivity and using

inverse square law on these elements that predictions of the close in far-
field total noise - which deviates from the inverse square law - could be

made. !

Laminar flow control system noise sources were separated ;nto 1) external
noise sources - which can be predicted using the propulsion noise source
prediction techniques and 2) internal noise sources which are readily con-
troilable.

|
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rTrﬁnsformatlons for these noise sourceS}to convert from the best noise data

| |
. I
FIGURF INUMBER

\s

ILLUSTRAT!ON TITLE

base, which were static or low speed atesea level, to the transonic condition
:of‘high subsonic speeds at altitude weré developed. These covered 1) cruise
effects on acoustic strength, 2) forward{speed effects on acoustic propagation
‘and, 3) aircraft configuration effects.

i

. The final result, for each noise source) is the ability to predict acoustic

i
 spectrum levels, at the cruise operating conditions, from 45 to 11,000 Hz at

any location. However, many recommendations for improving the validity and

i
I
'

acduracy of these cruise noise prediction methods are made in Section 4.0.
‘Thq propulsion noise prediction methods of this report could also be used to
1‘pr~<-:?dic'c: 1) noise levels incident on fuselage at cruise for use in determining
§fu§elage internal noise levels and soundproofing requirements and 2) noisé
levels incident on the airframe at static takeoff power for determining

vibration and sonic fatigue acoustic loadings.

|
|
|
!

o

!
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premature transition if the sound pressure level exceeds a critical value,

<Acoustic criteria are discussed, and in Section 3.4 a semi-analytic method is

R PAGE NIIMBER _

3.0 —LFC/ACOUSTIC—CRITERIA—— f

! RE INUMBER

ILLUSTRAT'ON TITLE

| ' !
3.1 INTRODUCTION 1

!

Frem the point of view of design and opération of laminar flow control (LFC)
wiﬁg surfaces subjected to noise fields,fit is desirable to be able to predict
whether a sound pressure level (SPL) atian arbitrary point on the surface is
likely to cause premature transition to a turbulent state of an otherwise

laminar flow. It has been established ?rom experiments that sound can cause
t

This eritical SPL is a function of theggeometry of the surface and various
5parfameter's of the sound and mean flow fields.
‘Inithis section of the report the state éf the art in the determination of the
‘eritical SPL relevant to the LFC/Acoustie~c?iteria is discussed. Although the
seésitivity of shear layers to sound und%r some conditions has been known for
lmoﬁe than a century, it was not until the early nineteen sixties, the design
‘period of the X-21A LFC wing, that quantitative tests were undertaken to
establlsh LFC/Acoustic criteria for englneerlng applications (References 3-2,
3= 3, 3-4). A summary of the findings of these and other tests and the factors
'ana concept that led to the establlshment of the X-21A LFC/Acoustic criteria
‘are discussed in Section 3.2. In SeCtioﬁ,%'3’ limitations ofﬁiﬁix-21A LFC/
3%
proposed to overcome the limitations and some numerically computed critical
SPL spectra are presented. An example case of the application of the improved
criteria is also shown.

1

The X-21A LFC/Acoustic criteria are empirical criteria based on the concept

‘thét "Noise is expected to cause transipion through much the same process as
freestream turbulence". Certain obser@ations on the response of boundary
layer disturbances to sound and certaln characteristic features of sound
induced transition suggest the need for a more fundamental and rational
approach in which the coupling between a sound wave and a boundary layeg
disturbance can be quantitatively eva}uated. Such an analysis has been

‘ . . | . .
developed at Lockheed-Georgia, and is described in Section 3.5. It is based

Zt N3
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~—— Tinearized fluctuating vorticity transportiequation (Orr-Sommerfeld equation)

i

! |
SIDC Nt

onj the hypothesis that boundary-EFayer'Mdisturbances are governed by the
1 1

|
and that if sound is to excite such disturbances, it must be able to produce

|
fluctuating vorticity or a fluctuating flux of vorticity. An analysis of the

"acoustics of shear layers shows that sound can induce both fluctuating vors

|
ticity and fluctuating vorticity flux and that such effects are limited to the
' {
boundary layer region only. The deriveq governing equation obtained by line-
arizing the vorticity transport equatiok is in the form of an inhomogeneous

Orr-Sommerfeld equation with source teqms proportional to the sound field:

-Integral solutions are obtained for the general case. Numerical solutions are

then computed for the special case of low frequency sound impinging in the

:boﬁhdary layer of a rigid semi-infinite |plate. Thé results compare favorably

fInESections'3.6 and 3.7, comments are respectively made regarding excitation

|

——— e — PAGE NUMBLR

with a corresponding set of measurements',
f
|
by?more than one discrete component of {the sound field and on sound induced
disturbances in the presence of cross-flow.

!
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3 2 . _OBSERVATIONS— ON——SOUND—INDUCELIPS T?ITRIL&QSTITIL‘ION——AND—THE—X-21A—LFC/ACOUSTIC—— - —
— © ~— - CRITERIA

3.2.1 On Transition Mechanisms

Based on the experimental observations of Schubauer and Skramstad (Reference

Qe e ——— -

3-5), transition is preceeded by selective amplification of boundary layeq
disturbances. Such disturbances (in the%boundary layer of a flat plate) were
predicted, long before they were obéerved experimentally, by Tollmien
‘(Reference 3-6) as solutions of|duﬂ0rr-$ommerfeld equation, and are known as
vTollmlen—Schllchtlng (T.S.) waves. The‘Orr Sommerfeld equation, which is the
’llnearlzed form of the convected vortlclty transport equation, has been the
most widely studied equation in recent years and is indeed the basis for all
stablllty and transition prediction schemes. The nature of the solutions of
lthe; Orr-Sommerfeld equation and the stability limits are governed by the mean
flow profiles which are in turn governed by the geometry of the surface and
!thé mean pressure gradients (Referencel 3-1). Boundary layer disturbances

‘aséociated with two-dimensional flows over flat or convex surfaces are catego-

{i}- ‘rized as Tollmien-Schlichting waves, and are influenced by the viscous forces
— (Reynoldslnumber) | In flows over concave surfaces (or mean flows whose -

streamlines are concave, for example jnear suction slots), boundary layer

idisturbances are categorized as Taylor—Gértler vortices, and are influenced by
the centrifugal force arising from the curved streamlines. Another class of
instability commonly known as inflectional instability, occurs when the mean
velocity profile contains an inflegfion point; such profiles are found in many
‘practical flows, for example in regions| where the pressure increases in the

direction of the flow, and in particular|the spanwise flow on swept wings.

lAlthough the Orr-Sommerfeld equation describes adequately the propagation and

amplification or decay of boundary layef disturbances, it is not adequatq tc

describe the transition mechanisms whicw appear to correspond to some kind oq

breaking up of the coherent boundary layer waves accompahied by spectral
-|broadening. No complete theory is available for describing the transition ~X
5. NO COmf .

: - : : . . f
mechanisms. For this reason a combination of theory and empiricism has been

;the basis for the best transition predicﬁion.

; ' PAGE NIMBER
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Based on linear stability analysis, a total amplification corresponding to e7-

&

appears to correlate—and—pred1cti%gggéhgsT”Uhelr—the—effects-of'body shape,

pressure distribution and suction effects on transition (Reference 7). On the

other hand, measurements on transition induced by freestream turbulence show
that the turbulent intensity exerts a décisive influence on the location of
transition. The transition Reynolds -%umber RTTfreduces with increase of
freestream turbulence intensity. If fthe beginning of transition can be
associated with the attainment of some'threshold value for the disturbance
veloc1ty ratio after amplification, as shown by the measurements of Klebanoff
and Tidstrom (Reference 3-8), then 1t1 follows that the initial amplitude
(level) and spectrum of freestream dlsturbance play a key role as shown by the

‘measurements of Wells (Reference 3-9) and Spangler and Wells (Reference 3-10.)

For reasons similar to turbulence induced transition, acoustically induced

transition can at best be a similar combination of theory and empiricism.
1

|
]3.%.2 Observations of the Effects of Sound on Boundary Layers

:Apért from establishing that transition| is preceeded by selective amplifica-

§tidn of boundary layer disturbances, Schubauer and Skramstad (Reference 3-5)

-shdwed that sound of a given frequency| could excite T.S. waves of the same

‘fréquency even though the wave-lengths (of the sound and the T.S. waves) were
‘vastly different. Phase measurements showed that the T.S. wave propagate?

|
'with a phase speed of less than half of the freestream mean velocity (a resul%

in agreement with stability calculations). Sensitivity to sound of attached or

free shear layers, including jets and wakes, has been known for a long time.

For sound induced transition predlctlon, although it appears a sufficiengi

‘coqditlon that sound excites boundary layer disturbances which can then be
related to transition induced by freestream turbulence, it is desirable to

understand physically the mechanisms involved and express them mathematically

A

with view to evaluating the coupling. iThis is discussed further in Section
3 . 5 .
—— : _
‘ P :-’~%" 4%
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‘Scﬁubauer and Skramstad did not specifically investigate quantitatively ﬁhé
‘influence of SPL on transition, but noted "transition could be moved one or
two| feet ahead of its natural position by the right combination of sounJ
inpensity and frequency. In general,| random noise from the loudspeaker
fprqduced similar results, but the effect on the oscillations (boundary layer ;
:response) was not so marked"., A signif#cant result is the observation that, E

1
in 'regions prior to transition, the amﬂlitude of the sound excited boundary

layer disturbance is linearly related to the SPL (Reference 3-11 thru 3-1l4).

. lar setup (flat plate without suction), transition occurred whenever the ratio

, (u'/U) amplified to a value of about 7.5% irrespective of the level of excita-

|
Klebanoff and Tidstrom (Reference 3-8) made a very comprehensive experimental
investigation of natural and externall§ excited transition mechanisms, but
They

a vibrating ribbon and studied effects of level of excitation.

|
did not use sound as their boundary layer disturbance. used instead
One important
set of results shows that the location of transition could be moved upstream

by .increasing the level of excitation, and more importantly for their particu-

tion. These results are reproduced in Figure 3-1 of this report for two

the importance of level of excitation and the

(u'/UL)

reasons. First, it shows

threshold value at transition of (where u is the boundary layer

fluctuating velocity component in the flow direction and. U' .is .the freestream
when we discussed a similar set of measurements (in

we shall. be._able

mean velocity). Second,

the next paragraph), but with sound as|the exciting field,

to distinguish the difference between al localized (vibrating ribbon) and an

extended source of excitation. .

Shdbiro (Reference 3-1U4) investigated thé boundary layer fluctuation on a flat
plate excited by a sound wave propagating in the direction of the mean flow.
One interesting feature of his results was that boundary layer fluctuations of}
:the same frequency as the sound were detected and their growth rates measured

‘aldng the plate. This set of results is reproduced in Figure 3-2 for com-

a

Epanison with Figure 3-1 showing resulﬁs of Klebanoff and Tidstrom using

vibrating ribbon. Although both sets of curves show that the exterhally!n_

v
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. o
}exc1ted boundary layer dlsturbances ampllfy as they propagate, at least in the

:l's 4T N

439, range considered, the amplitude of the soundllnduced ‘disturbance appears to be
modulated spat}ally, espe01a11y in the regions where the amplitude is
relatively lower. Such spatial modulatﬁon has also been observed by Schilz
(Rgference 3-15) and Mechel and Schilz (Reference 3-16) and no doubt is also
related to the chordwise striations obéerved by Pfenninger using Napthalene
suSlimation test. This will be discusged further in later sections. This
marks the first difference between boundary layer disturbance excited by a

v1brat1ng rubbon which |[constitutes a localized sourceland by a sound field

wh;ch constltutes an extended source.

|
'In]a series of tests connected with development of LFC/Acoustic criteria for

thé X-21A design, a straight and a sqept airfoil were subjected to sound

fiélds of varying amplitudes and spectrg (References 3-2 thru 3-4). On flaﬁ
plétes and sucked airfoils, it was shown that sound can induce transition if

‘thg sound pressure level exceeds a critiecal SPL. This feature (the SPL having

Ito%exceed a critical SPL) is similar to| transition by freestream turbulence.
This belief is reinforced by the further;evidence that the critical SPL can be
{f} inéreased by increasing the suction velocity, similar to stabilizing flows
;wiﬁh high freestream turbulence intensity.

3.2.3 The X-21A LFC/Acoustic Criteria

Based on the hypothesis that "Noise 1is  expected to cause transition through

much the same process as freestream |turbulence"”, the X-21A LFC/Acoustic

Lgriteria (Reference 3-3) were derived using. empirical data relating transition
_Reynoldé number|and disturbance velocity ratio as shown in Figure 3-3. Th?

!
dlsturbance[géloc1ty, used iﬁ7comput1ng the velocity ratio corresponding td

‘transition for each of the test[ggiggiélprlmarlly represents total tunnel
3p/ turbulence which normally{EEﬁEéﬁgﬂenergy over a wide range of frequencies,
except for AMES data (both for_flat plate and sucked airfoil) in which casé
the fluctuating particle velocity was calculated from the noise level measureé

. B Gonn
~at one point in the tunnel using plane wave acoustlcs\ﬁor an ambient medlum:j

'A regression line drawn through the sucked airfoil data appear to link up most

_GE} of ‘the data points and this line was used as the transition criterion for the

X
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Figure 3-4. Initial Lockheed/X-21A acoustically induced transition
criteria, derived from reference 3-3 for cruise speed
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L

X- 271A design.

‘ /|
|
On the assumptidn thatjlficiSez is expected to cause transition

ILLUSTRATION YT LE
dlsturbance velocity ratio can be converted 1nto critical SPL wusing the

follow1ng plane wave relationship: If
e - ;?:t/»—"
' . // \\\\25,;
SPL = 20 logil(P/Pref)l (3-1)
. ./"
- gz,dl‘»f, \A/{y
where'Pref 2 x 10" "/dynes cm™ r‘
|Then P = lO(SPL/20 3. 7)k I |
‘and using =P/pc )
| K { N —_— - R - - ——
/ \ -
w' P =:.10(_SPL/20,.3.7)
| Us pc?M_  yp_ M i (3-2)
P - —— S
'Wiﬁh M, = 0.8 and the mean pressure P, ‘at an altitude of 38,000 feet, a curve

equ1valent to Figure 3-3 was produced,relatlng the transition Reynolds number

1to critical SPLU

Lockheed/X-21 LFC/Acoustic criteria (Reference 3-17.)

!
! |

;Cuﬁves like those depicted in Figures 3-3 and 3-4 are extremely useful design

and is shown in Figure 3-4 and Lgepresents t@_J early

ftoJls because of their simplicity, except for some limitations and reserva-
1

tions about the basic hypothesis. Assuming the hypothesis is correct, the

. |

cuﬁves allow determination of whether a
‘along the chord of a wing is likely to
‘prémature transition takes place) and by

|
to ibe taken if necessary.

i i .
Corrective measures involve one of two alternatives.

.the incident sound field could be reduced to values such that the SPL or asso-

‘ciated particle velocity ratio is less

specified SPL at an arbitrary point
exceed the critical SPL (above which

how much, permitting corrective steps

First, the amplitude of

than the critical SPL or“ (u'/U)Crit-|

. ; . . . PSP
,respectively corresponding to the partlc?lar suction level on the airfoil. The

second measure is to alter the suction level either as a whole or in 1local

discussed next.

areas, and
; 2D

'

r

" ‘a:J
P -

[
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T 3 2 4 Effects of_Suction-on-Criteriasil

|
|
|

Both stability analysis (Reference 3 1) and Northrop Norair test results

j(Reference 3-3) show that for any spe01flc model, a major controllable

pérameter influencing the critical value of (u /Uy ) and the corresponding

crltlcal SPL is the suction velocity as shown in Flgure '3-5. The stabilizing
effect of increased suction is due to |[two reasons: (1) a reduction in thé
boundary layer thickness, and (2) a modified velocity profile that is more
steble. Although it appears natural| to use suction as a controllable
paeameter for corrective measures just in case the incident SPL exceeds the
icrttical SPL, unfortunately there are other constraints that limit to what
‘extent such a measure can be used. For |{example, if the suction is increased
%toi the point where the boundary thickness 1is smaller than the surface
irqegularities, then a new source of velocity fluctuation due to surface

i
'ro#ghness can trigger transition.

- o

'Sometimes it is possible to increase the critical value for ((u'/Uw)‘and the

| . : :
6%9 rcorresponding critical SPL by modifying! the suction’ distribution rather than

|
increasing suction uniformly. The sedsitivity of critical SPL to suction

iquantity c /C . (normalized by suction|quantity for minimum drag) taken from
R___*~P

Reference 3=37i8 shown in  Figure 3-6 b?th for uniform and modlfled suction

)}( dlstrlbutlons. /Eﬂjls defined as (ka)wall/(pU)‘j . It is evident that

modlfled chordwise suction distribution iis more de31rable than a uniform in-

[————y

(4?‘%0L

ycrease. At the time of the X-21A test program, finding a suitable suction

idietgibution had to be done by trial and|error and as such was more of an art.///(A?y

PN

.|Quite recently Nayfeh and Elhady (Reference 3-18) and Lekoudis* of Lockﬁeed—

Georgia have shown from numerical solutions of the stability equation that

Y

distributed suction (suction through slots) can be made to yield amplification [

‘'rates of the same order as with uniform suction.

Th&s, from Figure 3-6, it appears that if the incident SPL exceeds the
lcritieal SPL by as much as 10dB, transition can be avoided if the suction
!quantity could be increased by about 20%| using a modified distribution; if the

suction had to be increased uniformly, |it appears that transition could not

]have been avoided due[gérthe asymptotic nature of the|curve. An]increase of 60? o

- [

* . . .
Private commnication.

I
|
|
l
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FIGURE NUMBFER

- ——in_ the suctlon_quantlty_pnly shifts_the_ec¢ritical SPL_by 8dB.
- ILLUSTRATION TITLE

]
The__ sens,‘jv‘tﬁ___ e

of;crltlcal SPL or: (u'/U ) on suction rates, frequency, pressure gradient and

geometry can also be evaluated from solutions of the stability equation and

will be discussed further in Section (3.3,

limitations of the X-21A and early Lockheed-X21A LFC criteria.

following a discussion of the

i > |

ﬂ455
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| LOCAL INCREASE IN SUCTION'
IMODIFIED CHORDWISE DISTRIBUTION|

[0

dB’

P

;INCREMENTAL INCREASE IN SURFACE NOISE LEVEL,

|UNIFORM INCREASE. .IN SUCTION|
ON BASTC CHORDWISE DISTRIBUT'ION

N

1 1 1 1
[1.0] (1.1 (1.2 .3 (7.4]

[SOCTION QUANTTIY RATTO, 00/

Figure 3-6. Sensitivity of critical SPL with increased suction,
from references 3-3 and 3-17
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3.3 LIMITATIONS OF X-21A LFC/ACOUSTIC CRITERIA
3.3.1 Frequency Sensitivity of Sound Induced Transition

Linear stability analysis predicts that the amplification of boundary 1layer
disturbances is frequency dependent and in Section 3.2.1 (on transition
mechanism), it was asserted that the initial amplitude (level) and spectrum of
freestream disturbance must play a key role on the location of transition (an
experimentally established fact). Using similar arguments it can be expected
that the spectrum of the incident sound field is as important as the
amplitude. The measurements of Wells (Reference 3-9) and Spangler and Wells
(Reference 3-10) have shown how very sensitive the transition Reynolds number
is to the spectrum of the turbulence and to the sound field, respectively. The

results of Spangler and Wells are reproduced in Figure 3-7. These sets of

\<\ LEHEXEE_SE_?T versus (u'/U (for unsucked flat plate) are plotted in the same 3(
/ ‘

traditional manner as those used on the X-21A criteria for sucked airfoils.
The disturbance velocity ratio’ (u'/U ) corresponds to the spectrally 1nte-

grated value. For this reason, the curve oorrespondlng to the X-21A criteria '
cannot be expected to show frequency sensitivity and affects the degree . of
confidence on the predicted critical SPL. 1In fact, the Northrop team went at
length to assess the frequency sensitivity. Their results reproduced from

(2 -4 -~ Ref. 3-4 are shown in Figure 3-8a in the form SPL in dB|[vs [Lf frequency. for
<<k, g crit L y:

discrete and octave band sound impinging externally on a 30 swept sucked wing
at a chord Reynolds 'number of 12.5 x 106. The main observation from this
figure is that with both discrete and octave band sound, critical SPL is
Jsensitive | to frequency. Discrete frequency is more effective in inducing

N transition in that it requires a lower SPL compared to the broadband sound.

The depth of the trough in tﬁe plot of SPLcr t[?éf{frequency of Figure 3-8a,
is a measure of the lack of confidence in the use of the X-21A or the re-
lated early Lockheed/X-21A LFC criteria. For that'particular airfoil and the
prevailing suction and Reynolds'number, the depth of the trough is 15dB. It
will be shown later in the sectioh on proposed extension of the X-21A

criteria, that the depth of the trough is a function of suction, Reynolds

- :number and directionality of the sound field.

L
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Figure 3-7

Effects of freestream disturbances containing narrow band[
acoustic components on boundary layer transition from
Spangler and Wells, reference 3-10.
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Figure 3-8. Sensitivity of critical |SPL spectrum with

(a) acoutic spectrum
(b) angle of attack
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iih}Section 3.5.

% (
: F GURE NIIMRER 19 !
r Fregquenc ects - Mechel, Mertens and Schliz (Reference 3}19).observed

that the flat pIaté“bdundary‘Iayér—respoqse‘to—sound—can—be“divided into three

frequency ranges.

a. At sound frequencies below a critical value, there appears to

be no interaction. J

i

E

b. At intermediate sound frequencies there is an increase in the

boundary layer disturbance which can lead to premature transition.

i
. A : !
c. “At high sound frequencies the interaction is such as to reduce

the level of natural disturbance, leading to delayed transition.

— .- - -

In;both intermediate and high frequency ranges, it was observed that sound
‘modified the propagation exponent of the|boundary layer disturbance.
]Alﬁhough the low and intermediate frequency effects can be qualitatively

Lexblained by stability analysis alone, t?e high frequency observations require

ra éoupled acoustic and boundary layer field approach which will be discussed
. \ )

|
3.3.2 Sensitivity to Internal Noise and Angle of Attack

»

[

‘ , ho t . . .
_Another observation with|the X-ZIAH tesF{p;ograml&ﬁffjLﬁhatilinternéix_noisel \

—— e - s T - —_—t T

beneath a suction slot. Using napthalene sublimation tests, it was observed

1 X

on !

through the suction slots could also induce transition and that the critical
SPL was frequency selective as with e§ternal sound fields. Fufther, the

. . 3 ’ N
critical SPL spectrum was a function of the angle of attack as -shown ﬂn

Figure 3-8b. i
|

3.3.3 Effects of Acoustic Standing Waves
!

|

To investigate the effects of acoustic étanding waves in an LFC suction system,
: |

Aiutolo® used a discrete tone to set up a spanwise standing wave in a chamber

SIS

*0ral presentation during workshop on Laminar Flow Control held at

NASA/Langley, April 1976.
T’ ]

lé;g? ! /431/
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‘that the external flow field d was turbulentyinregions along_the span where the

. . |
standing wave pressures were maxima; and in regions where the standing wave
i

pressures were minima, the flow field was still laminar. This standing wave-

induced transition mechanism is similar to a setup by Mechel, Mertens anq
Schliz |(Reference 3-19) who used a loudspeaker behind a porous plate enclosed
in an airtight chamber. It was suggested by the authors of Reference 3—14
that the sound radiation tnrough .their norous plate (or slot for the Northfon
test) could be regarded as periodic suction and blowing. ‘The strong influence
of a small amount of suction on a marginally unstable flow is well known and
has been briefly mentioned earlier. If;a flow is marginally stable, then in
the blowing phase of the standing wave'pettern, it can be expected to go tur-

bulent. This ‘was confirmed from the measurements of Reference 3-19 in a low

frequency experiment in which the perlod of the sound signal was large com—

pared to the time of 'turbulent spot generatlon. Even if .the blowing phase d1d
_ urbulent : Lon -ven 1L the Wiilg r5e dic.

not cause transition directly, .as will be the case when there is also present

| t

a mean steady suction, the resulting fluctuating suction at the slot givee
: a

rise to a source of fluctuating vorticity which may amplify as it convects

' ‘
downstream. This will be discussed furtner in Section 3.5. !

,3.3.4 Effects of Directionality of the Sound
i | .
o !

lThe‘ only investigation of the effects o% directionality of an incident plane
Isound wave on the boundary layer response over a flat plate car'r-led out'll
lin- ‘the same series of tests undertaken for the X-21A program, and was |limited
to two angles, along (longitudinal) anq at right angle (transverse) to the
‘mean flow. The relevent results were sﬁown in Figures 20 and 21 of Reference
3- é The main conclusions that can be drawn from those results are as
follows. Both longitudinal and transverse sound waves excite T-S waves. The
‘eritical SPL (for acoustically induced transition) are frequency dependent in
both cases. In the case of transverse séund waves, the initial SPL is slight-

~e 2

-1y higher than| for the corresponding longitudinal c§§e;ldepending on frequency

and Reynolds number, the difference varies between 2 and 10dB.

152 R |
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3.3.5 Summary of Limitations of the X-21A LFC/Acoustic Criteria
|

'The disturbance velocity ratios (u'/U, ) in the X-21A LFC/Acoustic cmter'la]l

l {LA/\L
represent spectrally integrated [values and canno

-

t' be expected to show sensi-

t1v1ty to the fr'equency and dlrectlonallty of‘ the sound wave. Thus the degr'eé

“of jconfidence on the. cr1t1cal SPL pr'edlcted usmg the x-21A criteria is of the

‘or'der' of the maximum varlatlon of the measured critical SPL with frequency

‘and/or directionality. These are of the order of 10 to 25dB for frequency,

|
‘de;lending on spectrum of the sound field (less for |broadband | and more for

dlscr'ete tones), and 2 to 10dB for directionality, and possibly more if the

|
*sou_nd was travelling upstream (no data available for this case).

'

!

( |
IToiimpr'ove the degree of confidence in, the use of the X-21 criteria, the
“lat%ter- must be modfied to include at |least the frequency and directional

leffefects. To achieve this in a completely empirical manner, the limited

lfréquency tests have to be repeated ovel,r the whole range of Reynolds number"

and several angles of incidences, kincluding upstream acoustic waves..
I

2N

| alternative approach is a semi-empirical method which is discussed next. _ \
gt —

j

t

1

‘ °
| - . |
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¢




/7

Lo

@

——  where ¥ is the stream function associate? with the boundary layer disturbance
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Presented in this section are semi-empirical criteria that have been evolved

from the use of an approximate solution derived from a fundamental approadh
(developed at Lockheed-Georgia and discussed in Section 3.5) that relies on an
empirical constant. This empirical constant defines the level to -which t&e
acouétically induced boundary layer disturbance must amplify before transf—
tion sets in. For example, for a flat plate in the absence of pressure gradﬁ—
v/ ents, Klebanoff andffZégzzga—l(Reference 3-8) found (u'/Uw) at transition to
be equal to 7.5%. This value can be quite different for a sucked airfoil a&d

is therefore left as an empirical constant.

T ot T o I o 5T 5

The fundamental approach to acoustically induced transition is derived from a
linearization of the vorticity transport equation and is based on the concepé
thét when sound intercepts a boundary layer, an acoustically induced f‘luctuatl
ing vorticity field is set wup. Altgough the relative phase of such i
!vogticity field is the same as that of the sound fieldA its convection'

propagatlon, ampllcatloniggzgggéiﬂand ultimate diffusion are governed by thé 7\4,
3llrllearlzed convected diffusion [equation, whlch in another form is the Orr- Q@
‘Sommerfeld equation. Thus the equation governing sound induced boundary layer
diéturbances is expected to be in the form of an inhomogeneous Orr-Sommerfeld
equation and for the two dimensional case may be written in the form (see

Section 3.5 for more detalls)

el by

]
Ly = Qw, uar Var U, u', g | "‘

U — - -

3L, the Orr-Sommerfeld operator is given Fy

[ m— |
= b _;”dZU' d ‘ | 3_4

e - A

and Q is the rate of change of the acoustically induced fluctuating vorticity}
‘ |
ineluding convective transport. U, U'Iand U" are the mean flow profile and

. ‘ . s .|
i nsver .
,its first and second transverse derivatives. ua and va are the streamwise anc

transverse particle velocities associated with the sound field, and may be ex-

jpressed in terms of the incident sound pressure level, angle of incidence and

(3-3) / "/ v
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@w‘ Concept, | it is not the particle |velocity of the ]sound

field that is equated to that of the TS wave which is then allowéd to amplify,

‘but rather that terms proportional to the fluctuatlng‘,vort1c1ty.i associated:

Y~ . N z —— — - -

iﬁitﬁﬁ‘ﬁhéfébund wave |(in the boundary layer) constitute the source term, for!
. [S

——

exciting||the TS wave. |

When evaluating the source term, the scattering of the incident acoustic field
by the flat plate (reflection from the surface and diffraction from the lead-
ing edge) and the convection and refraction of the combined field must
theoretically be taken into account. These effects can be evaluated by
solving the convected acoustic wave equation. Once the amplitude and spatial
distribution of the acoustically induced fluctuating vorticity source term of
Equation 3-3 are known, a formal solution for the acousticaily induced
boundary layer disturbance velocity ratio (ub/u&) may be derived from the

stream function solution and may be written in the form (see Equation 3-26)

e L ) o A ¥ WO
'-'ub ' ¢ P . “D(Giiﬁg) : o " o e
T (Z,n,w) = o3 ~—5- 2R Tl 9.{x,xo,a(w,U,U.7R8}} .

- .
. 3 p 6 [+ e . N
- e
e . . . - e e een - g e e mee e e e . -

- - . - - U

where ¢{(n) 1is the eigen-vector aséociated with the most amplifying
fg}gtion of the homoge?eous Orr-Sommerfeld equation,
P; is the incident sound bressure amplitude,
D is a function of the d%rectionality'of the incident sound
field, the freestream ﬁach number M, reflection from
surface and refractionjin thé boundary layer,

(
A is a factor expressing|the chordwise variation of the

boundary layer dlsturbance

a is the amplification rate and 1s{47funct10n of frequency]ii

and suctlbn rate and distribution

The evaluation of Aﬂix, xO;QUm, u,u',U",R6)} in its exact form involves al
volume and a surface integral (as shown in Section 3.5), and requires speci-
fication along the qhdrd of the sound field distribution as well as the
complei [Eigé;;éigé] variation. The latter is obtained numerically by'>¥
§olving the homogeneous stability equation for the specific sucked airfoil.

. P ———

—

) )
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" an arbitrary point x-due to an incident sound field at an arbitrary angle Eei.

For boundary layer excitation from a localized region (x ) along “the chord

A(x,xo;@) would represent the propagation and amplification along the chord as
determined by the homogeneous Orr-Sommerfeld equation. The volume and surface
integral effectively account for the distributed source of excitation as is
expected of a sound field in contrast to a vibrating ribbon. Such volume and
surface integrals have been evaluated for the case of a sound wave impinging
on the boundary layer of a flat plate. In addition to[fheuigizial 55&5;,
followed by an amplification and a‘subsequentE%%%ééiregions characteristic of
boundary layer disturbances, A(X,xo;d) also contain a spatial modulation in|

|
amplitude and phase. The peaks of the modulated amplitude follow a curve

somewhat lower than that corresponding to excitation. . from a localized region,

and are discussed in Section 3.5.

3.4.1 Proposed Approximation

For the sucked airfoil case, in view of the fact that our aim is to improvej
the X=21A criteria by adding sensitivity to frequency and directionality, it:
is proposed that a simplified form for; A(x a) be used but still retalning'
its sensitivity to frequency and suction distribution. The simplest formI

|

would be that corresponding to a localized excitation. This involves "only"

the determination of the complex propagation constants as a function ofv

distance along the chord [?elgenvalues of théj homogeneous Orr-Sommerf1eld|
L___._

equation) without having to evaluate the volume and surface integrals.
Obviously some information is lost in this approximation, for example, con-!
tributions to the boundary layer disturbance from the interaction of sound at

the surfaces of the slots, and details of the receptivity. However, some of

these can be absorbed in the single empirical constant suggested initially for

defining the level at which transition sets in. For this simplified 81tua-

tion, A becomes A{x xo,a(w V)} = exp.fa(w V)dx ‘where V represents the local

suction velocity.

3.4.2 Critical Sound Pressure Level Determination

Within the approximation discussed above, Equétion 3-5 relates the response at|-

The fluotuating boundary layer disturbance velocity ratio is linearly related.

—
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to the amplituee»of the incident sound field. Let a threshold -value for EEP/UW)F B

at transition be defined by (u /uw)cr t and let the corresponding acoustic

\The crltlcal sound pressure level can

pressure amplltude be defined aS_Pcrlt

[now be obtained from Equation 3 5 as f‘ollows .
3¢
n)

’ crlt
SPLprit = 20 logy, ( ) = 20 log,, (:)Crit - 20 logio (go 5

|
ref) ](po o)

. 20 lOg]_o (_ 20 lOglo
[_ . O O

v’ |

|
|
|
) + 20 logio (M) i
|
|
|

20 logyo (2Rg) - 20 logie {D(0,M,)}

20 log1o {A(x xo,a(w)} I ‘ (3-6) |

- e e el o L L e P, T.

 —_— - - —_ e e

‘The crltlcal sound pressure level SPL rlgPlS obtalned by multlplylng Equatlon
3 6 by 20. In-the above equatloanrefyls the standard reference pressure for
sound pressure level normalization and is 20 x |1 <:}L,ﬁ@ ! g)and ¢ are mean

density and mean adiabatic speed of sound; W and c, are reference values. Id1

the above expression for a fixed distance from the surface the first three
terms are constants; the fourth term, which can be reduced to log10 (y P /yP)
accounts for altitude effects. The fifth term is only a function of the

freestream (or .cruise) Mach number. The seventh term is not only a function

of the directionality of the incident sound wave, but also of the freestream
Mach number. The last term, which has already been discussed in reducing it
to its approximate form, is a function of the frequency, suction distribution,

distance along the chord, and Reynolds number.

Thus for a constant altitude and cruise speed, the eritical SPL may be written

in the form

e 5 U

l\ L:E“ constant -20 1ogio D(0; M) 20 logie {A(x, “(0,0,0°, U} <3 7“1‘
- ' ﬂ

. [ . — e e e

In the above form, the critical SPL becomes sensitive to sound directionality,

frequency and suction distribution; the constant is empirical and may heve to

be determined from measurements 'Function D(6;,M ) expressing the directioﬂt
@ ality of the sound f1eld is approx1mately given by
P N A -
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D(0 M) = J.oge{1+M9°~ cos ei.}/Moq . ) ".‘-(._3{.'8) ' 'l

i
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} . A

‘and is obtained by integrating the acoustically induced vorticity sourcé

iacross the boundary layer as shown in Section 3.5, eq. (3-19). '

_ »Equatlon |3 ﬂ *has been evaluated for the following spe01flclcase \ i “%?:

e
—_—

0

|

Alrf01l characteristics: Lockheed swept wing LFC AF10-3

r

Leading edge swept angle = 2§§q¢

Il

Tralllng edge swept angle = 16.7641
AwCh?rd length = 22.81 ft

X |
A [
. Suction distribution:

lFrqm 0 to 8% of chord: tapered suction rate from 0.04U4% to 0.008%

_iFrém 8 to 73% of chord: constant suction|rate of 0.008%

- l\l .

| | e
. ‘ ;|The suction rate is defined as {(pV) .71/ (pU)

L ; 4 I

i Cruise speed 0.822 Mach

. | :
"Altitude 38,000 feet !

ary
N

I ~ S |

For the above spec1f1c case, the 2D Orr- Sonmlerfeld elgenvalue problem>has been o

solved for different frequencies corresp‘ondlng to pure tones. The velocity

profiles used were the ones in the dire,'ction of the normal chord. The ampli%

fication rates for different frequenciies are determined as a function of
~distance along chord and are shown - in’ Figure 3-9A. In Figure 3-9B a cross

plot shows the amplification spectrum for different chord locations.

_ e ol e
—_—— .

Frém these two sets of curves, it can| be immediately deduced that for thé
spécific case considered, the region and frequency range of concern are

}
7N\

respectively between 149 to 26% of the;chord and 2 to 6 kHz. For stations

—————em = e
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Amplification A(w) = exp { By (w,x) dx

1 ; 1 ' 1 | :
11.1% 15% 19.63 2b.2%,  [29.2%] 34.6%) |u0%k,

‘Non dlmensconal dlstance along chord (x/c) x 1005
ST ey x T

] 3 L

\Figure 3-9a. Variation of amplication A(w) for T+S waves

B along,lockheed LFC airfoil chord for v
|suction rate =0. 044% from 0 to 8% of chord | )\

- ¥V and :0.008% from 8 to 73% of chord'
- 159/
. 57

4,&’/




\‘ 3x103

exp [ By (,x) dx\
i

(0)

Ampiification A

i

L

101

0 7z 3 I 5

\Frequency in kilohertz!

rﬁ Figure 3-9b. |Tollmien-Schlichting amplification spectrum l

suction rate = 0.044% from O to 8% of chord
and __0.008% from 8_to 73% of chor

P

T

A(w) on Lockheed LFC airfoil computed for
d



f
FIGLRE NUMBER

- __ﬂalong_ﬁhe chord_further away_ from_the_. leadlng_edge+_1t is_the lowen_pagp_pf S
ILLUSTRAT ON TITLE F
.{$}. the frequency range that is of concern, whereas for stations closer to the

leading edge, it is the high frequency range that [is important. | X
J

3.4.3 Critical SPL Spectra

i
i
|
l
|
1}

' r
For each of five chord|stations, the amplification spectra are substituted in\

e

VN - __47
Equatlon 3-7 and the relative critical SPL spectra| were evaluated for sound’ )é

5= l

PReES Y

LPc1dent on the airfoil in the same d1rect10n as the mean flow (8; = Oo)l The

constant has been taken to be zero. The results are plotted in Figure 3-10.
7z
These curves [Exhibit | the frequency ﬂsen51t1v1tz_Jof the critical SPL at “%*

‘each of five chord locations. Each of these curves is similar to measurements

reported in Reference 3-2, 3-3, 3-4 of wpich two sets are reproduced in Figure
3-8. For comparison, the curve correspogding to the pure tone is relevant.

‘In; Figure 3-11, the critical SPL spectrum is plotted for a fixed chord
iloéation, namely 18%, for different angles of incidence. An interesting
-feature of this set of curves is that as|the angle of incidence increases, the

{é}. crltlcal SPL in the whole frequency range first [increases,|.then decreases.and §%@‘
' 1s ‘not symmetrical about 90 The crlthal SPL spectrum for 180 is as much

asl 10dB below that for 0 angle of | incidence. Although there is not
sufficient data to compare variation jof the critical SPL with angle o}
inéidence, the slight increase in ériticgl SPL from 0o to 600, of the order of ’*ﬂﬁ?
is in the right range when compared to the Northrop test using longitudi- —ls{-—

nal and transverse sound.

.3.4.H Effect of Suction

The depth of the initial SPL spectrum #s a function of the suction rate and

distribution. The amplification spectﬁum and the corresponding critical SPL
L 20 Lol

spectrum are plotted in Figurenglea and 3-12b, for the same Lockheed airfoi{}

T
under the same condition except for @he suction distribution which is aé

i

follows: |
t
|
{

From 0 to 8% of chord, tapered suction rate from 0.044% to 0.0135%.
. From 8% to 73% of chord, constant suction of 0.0135%.

| ol /J,Q(,,!,_Q

|
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Figure 3-10. Variation of critical SPL witH frequency for different (x/c)
locations on airfoil and for plane sound wave incident 0°

(x/c) = 19%.
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JCombaring Figures 3-10 and 3-12b, it can be seen that an increase in thé

ILLUSTRATION TITLE l
suctlon rate not only reduces the depth of thé critical SPL spectrum but also

shifts the critical frequency and the cr%tlcal region along the chord.
: |

! | |

3.4.5 An Application Example i

As an example, the impact on transition on the upper surface of a wing due to
‘noise from a tail mounted -engine is considered The purpose of this exercise

'is to determine whether the critical SPU pertinent to this wing has been ex-

/
LEEded and if sogﬂiy how much]°and to determlne (a) the regions of the wing
where tran31tlon is most llkely, and (b) the components of the engine noise
iwhich are responsible for exceeding the critical SPL. These results may then

gbeiused to take remedial actionsi-

|

|
;If!the wing, its shape and its aerodynamic characteristics are similar to
b
those defined in Section 3.4.2 and 3.4.3, namely the Lockheed LFC AF 10-3,
thén the critical LAPL spectra already computed ‘1 igures 3-10 and 3- llt ar%

{lrelevant These spectra, however, aAe relatlve because the constant of

'Equatlon 3-7 was arbitrarily set to! zero. For determining transition
1locat10n, the relative critical SPL spectrum must be adjusted to yleld an
absolute critical SPL spectrum by adding a constant dB level, which in effect
Such a constant|has to be determined empirically from

crlt‘
(a set of |measurements,| for example like| that in Figure 3-8a. If the aero-

[
;dynamlc parameters corresponding to this set of measurements were the same as

Jthe case being considered here, then| the relevent constant is 130 dB.
a
I
r
|

| )
'thé relevent length Reynolds number, the| spectrally integrated critical SPL is

P ,
iAlternatively, the computed relative critical SPL spectra can be used as

suéplement to the original spectrally integrated Lockheed/X21 criteria. Fo

Lo

{deduced using Figure 3-4. This 1level| is used as the upper limit in the

,ordinatejéf Figures 3-10 and 3-11. For the example case, we shall assume this
D) = :

‘level [to be 130 dB.]
: : <

’The next step is to overlay on the critical SPL spectrum, Figure 3-10, the jet
englne noise SPL spectrum at 18% chord predlcted from Section 2 of this report
(31nce for this wing, location near the 18% chord is most critical). The

'intersections of the engine noise spectrum with the sets of critical SPL

X

ter |
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spectra allow détermination of the engine noise sources and the amount the
levels are exceeded, as shown in Figure 3-13. 1In this example case, it can be

deduced that the shock associated noise ;and the fundamental of the fan inlet

noise are the only two sources that exceed the critical SPL.

t
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In this section, a physical mechanism is hypothesized based on the measurable

}
observed differences between acoustic and boundary layer disturbance fields.
These are then translated into a mathematical formulation of the process to

allow quantitative evaluation. The formulation is applicable for sound inter-

action with the general class of boundary layer disturbances (T.S.),
'inﬁlectional or Taylor-Gortler). Numerical results are then presented on thé
! . I

.acoustic excitation of Tollmien--Schlichting waves on a flat plate in the

|
rabsence of pressure gradients.

33.5.1 Sound and Boundary Layer Disturbances

:

?Be%ore discussing possible coupling mechanisms, it is iﬁstructive to note th?
fbaéic similarities and differences between an acoustic and a boundary layeﬁ
disturbance. Among the similar properties, the first is that both types have
!sp%ce-time fluctuating velocity components. Depending on the source of exT
;citation, both types of disturbances can have periodic or random phase varia-
:tiéns. Howéver, space~-time phase meaqurements of coherent disturbances of
Zboﬁh kinds show that boundary layer disturbances "propagate" with phase speed
 pr¢portional to but less than the freestream mean velocity, and acoustic dis-
!tuébances propagate with phase speed proportional to the vector sum of the
zabiabatic speed of sound and the mean| freestream velocity. Thus, in the
?li@iting case of the freestream mean velocity reducing to zero, the acoustic
‘di§turbance propagates’ with the adiabatic speed of sound and the boundary

‘layer disturbance stops "propagating";] in fact, the latter reduces to é

;diffusion process. From this point of lview, boundary layer disturbances are
iso@e form of convected (diffusion) disturbances, like turbulence, whereas
]soﬁnd is. a truly propagatiﬁg disturbancg. These are further evidenced by the
fact that measurements on boundary layer! disturbances correlate with solutions
of ' the Orr-Sommerfeld equation which is a 1inearized form of the convected
vortlclty transport equatlon (of the diffusion type) and represents a balance
of fluctuating vorticity dissipated by viscosity and the substantial time
;derlvatlve. Acoustic dlsturbances_on the other hand are governed by the con-
1ve¢ted wave-equation which represents a balance between compressional and

!inértia forces; the particle velocity and density fluctuations being related

1»70?@ Eid
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to the pressure fluctuation through the speed of sound vanish in the limit of
incompressibility. Particle velocities associated with boundary layer dis-
turbances are still .finite in the 1limit of incompressibility. For this
reason, boundary layer disturbances and turbulence are often looked upon as

 incompressible disturbances, especially for subsonic flows.

3.5.2 Hypothesis and Governing Equation

In view of the fact that the boundary léyer disturbances are governed by a
vorticity conservation equation, then for sound to be able to excite boundary
. layer disturbances, it must somehow be able to induce a fluctuating
vorticity field or a fluctuating vorticity flux. In a medium at rest or uni-

formly convecting, the field associated with a sound wave constitutes an irro-

tational field, and therefore, _;hg_ﬁ;gg;gé;;ng_xgg&igi&x» derived from the

. particle velocities of the sound field _i;_iggg&iggilx_zgng. However, for
ici derived

from the acoustic particle velocities ngg_a_ngnzzg:g_gg_ngngnh (see Appendix
A). This sound induced fluctuating vorticity field has the same phase distri-

bution as the sound field. The rate of change of such an  acoustically
induced vorticity field can be a potential source for boundary layer disturb-
ance excitation. This and other sources in terms of the acoustically induced’
fluctuating vorticity field can be formally derived by perturbing and linear-
izing the vorticity transport equation and is shown in Appendix B. The
boundary layer disturbance is shown to be governed by an inhomogeneous Orr-
Sommerfeld equation, with source terms linearly proportional to the sound

field and for the case of a two-dimensional flow is given by

vy - D gz - LU &7 = %larty Xyt | (3-9)

where

= O . 1 — 2 a . = _ 2
Qa(Q W_ e, Z,Y, \—) = = I:— Qa + div (\'ifaQ) vV QaJ )

a'ama v |3t (3-10)
- _1du
Q- = mean vorticity = -3 3 —7
W, = the acoustic particle velocity vector whose x and y components

are ua and L respectively
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O‘( ﬂg: f‘luctuatlng vortlclty attached to the sound field and is give

" induced by the particle velocity associated with the sound, simi'lar' to

The third term in the form of a double divergence is not a vorticity produc-

third terms of the present analysis were missing. This is due to the fact
2.0

— T . R

|
— FIGURE NUMBER

/ - . - -
—_—

|
— L

IO 7\;‘by (Appendlx A, eq. A—ll)l
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P(x,y,w) sound pressure field

The source terms, Equation 3-10, exciting boundary layer disturbances, repre-
sent a volume distribution of acoustically induced fluctuating vorticity of
multipole orders, and may be evaluated if the sound field distribution is
known. The first term represents a time rate of change of fluctuating vor-
ticity, similar to acoustic radiation by a source corresponding to time rate

of change of mass. The second term is the divérgence of the vorticity flux
acoustic radiation from a dipole or the divergence of a force (or mass flux).

tion term, but rather a vorticity absorption term by viscosity with an

acoustic anélogue coresponding to a quadrupole. e

The second term when expanded and ex}aressed in terms of the acoustic pressure,

) .
yields the source terms discussed in Reference 3-5_5!. However, the first and .

that the acoustic field in Reference 3-20[ was associated from the outset to
the irrotational component of the general vector decomposition and as a result
the curl of such velocity components and, therefore, the associated

fluctuating vor'{:icity vanished.

Before writing down f‘or-maily a general "solution of Equai;ion (3-9), it must be

pointed out that Q (’E] "Wy [K_Z‘x,y,t)”,_)the acoustically induced fluctuating

vortlclty source, is | assumed known and indeed may be evaluated if the sound
i

field dlstr'lbutlon in the boundary layer is known explicity. Such a sound

field may either be measured directly or evaluated in terms of the ineident

1
t
i
1

a2 o

>
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e .

sound field. For a sound wave impinging on an airfoil or a finite iehgth flat

plate at an arbitrary angle of incidence, the sound field distribution in the
boundary layer (needed for evaluation of Qa) consists of the incident sound
wave, an acoustic field representing reflection from the surface, and two
scattered fields representing diffraction from the leading and trailing edges
of the airfoil or flat plate. As sketched schematically in Figure 3-14, all
four component fields are subject'to convective and shear refraction. The
evaluation of leading and trailing edge near-field diffraction in the presence
of a non-uniform mean flow is outside the scope of the present contract. The
“influence of convective and shear refraction on the combined incident and re-

.flected sound waves has been investigated numerically by solving the convected

wave-equation in the boundary of an infinite flat plate and matching the L

numerical solution to analytic solutions outside the boundary layer. Thei
analysis and results are presented in Appendix E, where the sound field in the!

boundary layer and the acoustically induced vorticity flux corresponding to,

the second term of Equation 3-10 have been evaluated for different frequencies;;

and angles of incidences. It is also shown that for frequencies k§ < 1, the:  -—-

sound pressure distribution across and in the boundary layer is uniform,%
implying negligible effects of refraction, so that the terms containing the’
transverse acoustic velocity and transverse pressure gradients on the right:

{
hand side of Equation 3-9 (source terms) may be neglected. The above;
: i

deduction is, of course, limited toﬁt? sound field over a rigid surface.|

| | |
Although the acoustic analysis can be easily extended to non-rigid surfaces, '
the evaluation of the coupling will become slightly more complicated and will'
have to be evaluated numerically. However, if the analysis is restricted toi
rigid surfaces, part of the coupling may be approximated by analytic
expressions allowing useful trends to be deduced without excessive numerical '
computation. Although the approach used in the next section is épplicable to

general situations, some of the integrals will be evaluated for sound waves of

—— ) PAGE NUMBER
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—_ [1s the Green|.s function representing the hydrodynamlc response at a point (x,n

~ frequencies k9 £1 and propagating at arbitrary angles of 1n01dence€% over —_

i
i
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rigid surfaces.

I
f
l
|
3.5.3 General Solution |
|

In view of the fact that Equation 3-9 governs the boundary layer disturbance

in a mean non-uniform flow that is coneidered locally parallel, the genera%
solutlon can be expressed in terms of Fourier transform integrals. Iﬁ

Equatlon 3-9 is non-dimensionalized (by éettlngvxn =y/8(x)) with respect to the
boundary layer thickness §(x), then a general solution may be written in the _—

. form,

S

Y.ty =”f a‘*(x )"0 a( Hrligrig) 908 g NMgsu gaxdndu,  (3-12).

-
o - - . A © e

where subscrlpt s refers to source (reglon and frequency) and g(x,x gnnm (m

N ,_V

| —%~

‘due to a point source excitation 1ocated at (x ,n ), similar to that from

v1brat1ng ribbon. Equation 3-12 is equlvalent to treating each elementary

4

;volume of the source region as a point Source. Two of the integrals corres-
po@d to summation of each elementary source and are to be carried in the
soﬁrce regions. The third integral is over the source frequencies. When
eveluating the integrals, it ﬁust be remembered that both the amplitude and
phase of the sound field and therefore of the source terms can be functions o}
space and frequency. Complicated spatif} modulations can be expected if the
sound field consists of more than one discrete frequency. In fact, numerical
reeults (discussed below) indicate spathal modulation even in the case of a
;single discrete frequency sound. This Ls due to the fact that the phase o}

the sound - varies much slower than that of the |To llmlen—Schllchtlng (T. ng

———

waves; so that a T.S. wave generated 1n an earller part of the source regleg

interferes with those generated further gownstream. If more than one dlscrete

frequency is present, then more interfeﬁences can be expected. Equation 3-12

‘should in principle account for all‘these effects.
! !

'In:what follows, the evaluation of Equation 3-12 is restricted to discrete

+

frequency sound. For the case of acoustically induced vort1c1ty‘9 sy Or vor-

|
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{3}~ ‘plate surface to the edge of the boundary layer, and streamwise from the lead-

1ng edge to the point of evaluation whlch most often lies inside the source
reglon. If Equation 3-10 is substltuted in Equation 3-12, Tw(x,w the f

teniporal Fourier transform of the harmon}c response of the boundary layer dlS-

turbance, may be written as the sum of two volume]integrals which may be eval- éQ»ﬁf
. uated separately. Thus, . f

i

f
. U L ot
\ ‘,w(x,'.n,uls).-- =vw1{(~5&,n,ws) + v (xnpw) | (3-13)./'—'-';,1

" where

O e — el

|

b1 (x,n,w) =2 ” 6'*(xs){jvs- - Vil e (xs,ns,ws) g(x X g w )dxdn, (3-14). |

. T

] lbz_(xf-n:f@s_)-% % J J 6,,_'* (gsl diV(yaﬁ)' g-(ii,;xé‘,.nins',w;_)'~dx's dng - 4

R

" T ) .
{ja- The above integrals, although still le1d for all frequencies, arbitrary
‘surface conditions and arbitrary angles of incidences, will now be evaluateé
for the limiting case of low frequency| sound, k§ &1, impinging at arbitrary —
angles of 1ncldences on a rigid flat plate. As mentioned previously this 1o$
'frequency limitation allows evaluation of the above integrals in the form of
semi-analytlc solutions allowing useful| trends to be deduced. Extension to
high frequencies and @with sucti]on' slots | will] lrequire the double\ 'Y

Y B X N VAN Y 4

‘integratiorﬂj!to be carried out numerically, thus making mexten51ve com- ﬁé&

.putation necessary for deducing trends for each of the many parameteré

involved.
. i

: | ) /.
" . For the limiting case of low frequencygrk6<1;1and'a rigid flat surface), the \ké”

.volume integral for’wa, of Equation 3-1l4 has been evaluated in Appendix C and
' = - i

is given below. 1In Appendix D the integral foriﬂpgof Equation 3-14 has bee?

;exbressed as the sum of a volume and a surface integral and has been evaluated

. jin?the form shown below.

| (7 S : P, Jn/z ' A ?
g’zf | Wi g = 6(x)-_'~.¢(}r']’):g; R, g, e - kb Dl(ei ,M') By (%00 ) - G-6) }
s , BT PR S

L
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and

' P
Y2 (Xrn,ws-) = G(X) ¢(T]) — R(S gO DZ(ei’Moo) Ao (X,Xo,u)s) (3—17)
pcC
where Rg = Umé(x)/v
§(x) = local boundary layer displacement thickness.

P, = the constant sound pressure level in the boundary layer of the
rigid flat surface in the low frequency limit of ké <1 and is
twice the SPL of the incident sound.

¢(n) = eigen-function of the most amplifying boundary layer disturb-

ance and is oboéfnedﬂby solving the homogeneous Orr-Sommerfeld

equation.

g, = a constant corresponding to the receptivity, that is, the
effectiveness of boundary layer disturbance excitation by a

point localized source of fluctuating vorticity.

D; & D» are functions of the freestream Mach number and the direction-

ality of the sound field, and have the following forms

2cos 0O, 4
D1(9i:Mk)‘= { > - 1} (3-18)
‘ 1T+ M cos 9,
l.
log (1 + M cos 6;)
DZ(ei'Mm) = : (3-19)

M
e .

A1(x,x°,ws) and'A2 (x, X ws) are complex functions expressing the relative °
variations of the amplitude and phase of the component disturbance along the

mean flow direction. They méy be written in the form

A X8 (x.)
A, (X’XO'wS) = J [7 (XS) f(kx,B(Xs) IXS) de ' (3"20)
: X

’

[¢)
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A (%x,x 'ws) A21(X,X0,ws) + Azz(X,Xo,ws) - (3-21)

o
Mo [ asx) ‘
A21(X,XO,(1)S) = I W i —a-x—s— + 386 (XS) Af(kX’B(XS) ,XS) dXs (3-22)
X

O ————— . e v———

| §(x)° | o |

Azz(x,xo,Qs) = §(x) f(kx.B(x) s X) - G(X)zf(ka(xo) ,xo) (3-23)

‘and o 2;—‘""—V
f(kX,B(xs) = exp —J{kxxs + £ B(xs) dxs} (3-24)
. A

In the above Equation (3-21);‘Aé1’arises from a volume integral and A.22 from a
surface integral. A comparison of Equations 3-16 and 3-17 shows that the
relative magnitude of w1 with respect to wz is of the order of (k/B) which, for
‘a Tollmien~Schlichting disturbance.over a flat plate, is of the order of 0.3 M.
It then follows that for sﬁbsoﬁic'flows, the contribution to the boundary layer

disturbance is dominated by the second term, namely wz(x, n,ws).

In the next section, some numerical solutions are presented showing the ampli-
tude and phase variations of .the two components of ¢2 (x,xl, ws) and a

comparison is made with the measurements of Shapiro (Reference 3-14).

3.5.4 Numerical Evaluation of the Acoustically Excited Boundary Layer

Disturbance

As shown in the last section, the main contribution to the excitation of
boundary layer disturbance (TS waves), for subsonic flows,ques from the source
term of Equation-'3-10, corresponding to the divergence of the acoustically in- + -~
duced fluctuating vorticity flux;éhd may be written in the form, (see Equation

3-17),

P

b(x,n,w.) = 8(x) q>(n)-_p—z Rg 50 D2 (6, /M) {Az1 (x,x_,w ) + R22(X,X,,0.).  (3-25)

The streamwise fluctuating particle velocity uy (x,n,ws) associated with this

boundary layer disturbance is given by
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ub(x,n,ws) = %%-gz- " ao D2 (6, ,M,) {A21(x,xb,ws) +'A22(x,xo,ws)} . (3-26)
iFrom the above expression, it ﬁay be deduced that anp(acousticélly excited TS
disturbance 1is linearly proportional to Py, which on a flat plate is twice the
SPL of the incident wave. The apparent linear dependence on Rgs, the Reynoldé -
number is misleading, for A,, and A,, not only depend on x, x_ and &_ but also o
on Rg, M, and directionality through the factor kx and B(xs).

The evaluation of 'A21(x,x°,u)s) and A22(x’¥o’“)s)’ expressing the relative
streamwise variation of the amplitude and phase of Uy requires as inpgt not
only the variation along x, the streamwise coordinate, of the amplitude and
phase of the sound field, but .also of B(x), the complex eigenvalue of the
homogeneous Orr-Sommerfeld equation for the relevant mean flow field. The
variation of B(x) with x can be related to the variation of Bwith Rg, the dis-
placement thickness Reynolds number, using the relationship &= 1.72/ vx/T .
The variation of complex £ with RG has been computed for different frequencies
using a computer program developed by Saric (Reference 3-21) and is shown in
Figure 3-15 for the case of the stability frequency parameter F = (wv/unz) =
56 x 10-6. This frequency parameter has been chosen to simulate the measure-
ments of Shapiro (Reference 3-14) for his case of sound frequency = 500 Hz and
freestream flow of 29 m/sec:. The variation of the complex B with Rg is intro--

duced into the integral expression for A21 and A22 after suitable trans- -
formation from x to RG’ and the integrals have been evaluated numerically and

the results are shown and discussed below.

Figures 3-16 and 3-17 show numerical solutions of the amplitudes of thg two
components of u, (volume integral and surface integrals respectively, see
Equation 3-26) in the form log AZA(x,n,ms)/Az{(xo,n,ms)'and log, A22(x,n ,ws)
/A22(xo,n,ms) as a fUnct}on ofigeynolds number RG which is proportional to -
square root of x. Because of the normalized form of the ordinate, these
curves also correspond to logn ub(x,n¢us)/ub(x°,n,ws) as a function of Ré.
The dashed curve in each figure corresponds to the amplification of a
Tollmien-Schlichting wave if it was excited by a point source at the reference
location and corresponds to the axial variation of the amplitude of the Green's
function referred to in the section on general solution. Several aspects of

these numerical solutions deserve comments.
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The first observatlon is that the amplltudes of both A21 and A22 are spatlally
modulated unlike the corresponding localized point source solution which mono-
tonically decays initially and amplifies subsequently. However, the peaks of
the spatial modulation do follow a trend somewhat similar to the localized

point source solution.

A second observation is that in the initial region along the Rg cdbf&ig%{éz

which includes the damped region, the peaks of the extended source solution
lie ' above the localized point source solution. Further downstream, the
reverse is true, the extended source solution lies below the localized point

source solution.

There are about twice as many maxima and minima in the amplitude of the sur-

face integral than that in volume integral. The:ratio of the maximum to the

Y da -
minimum amplitude in each curve reduces as one proceeds[ggypgtream. One may be

tempted to call this a stahding wave ratio, but whether the disturbance is

standing or propagating is déféfhiﬁéa, not from the spatial modulation of the

amplitude, but rather from the phase distribution which is investigated next.

Figﬁre 3-18 shows xl(x) and xz(xig}tﬁé phase variations with (x/Xyef) or

*<‘<KR8/R5ref)ﬂ of the volume and surface:integrals A21 and A22, respectively.

The phase variation ' of the sound wave is also included to contrast the vast
difference in wavelength of the "excitér" disturbance (the sound wave) and

the "excited" disturbance (the boundary layer disturbance).

From the linear variation of)X1, it can be deduced that the volume integral

corresponds to a propagating disturbance, ﬁn.spite of the fact that the'

A
21’
amplitude is spatially modulated. The wavenumber and the corresponding phase

speed can be determined from the slope of the phase\ idlstance plot. For
the case of 500 Hz, and freestream flow U, = 29 m/sec, the slope of)x1, is

equivalent to a disturbance of phase speed =‘26 5" m/sec (Yﬁ 9IjUy or a Mach

number of 0.08). [Such a disturbance,! although convecting with a speed slower

than the [freestream,,cannot be associated with a TS wave which propagates with

a phase speed closer to 0.3 U,. X
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Unlike X, the variation of X9 the phase of A (due to surface integral)

’
does not become linear until some point downstréﬁi of the reference location;
and when it does become linear, the associated phase speed is 6.3 m/sec or
0.22 U, compared to 0.30 U, for a TS wave. In the initial region, phase X
fluctuates about a reference phase with an "amplitude" growing from 30° until
the region downstream where it starts propagating. In this initial region,
the surface integral component is not only amplitude modulated in. space, but
is also phase modulated. Such a phase modulation lies somewhere between that
of a standing wave and‘that of a propagating wave. In this 'context, :in.the
initial region, the disturbance corresponding to the surface  integral can be
TR

looked upon as a crawling wave until further downstream it starts to "run" or

propagate.

3.5.5 Comparison of Numerical Results with Measurements and Relevent

Observations

The numerical results described in.Figures 3-16 and 3-17 may now be compared
separately or together with the corresponding measurements of Shapiro
(Reference 3-14) reproduced here in Figure 3-2. The spatial modulation of
the amplitude is similar to that described in the numerical solution,
especially the diminishing ratio of the maximum to the minimum. Shapiro's.
measured phase given in Figure 3-19 shows evidence of the presence of
phase modulation and the slow or crawling wave. Further downstream, the
measured phase gradient suggests a phase sbeed of 0.88 U, which compares with
the value of 0.91 U, from the numerical solution, afising from the volume
integral component. The dashed curves of Figures 3-16 or 3-17 correspond to a
localized point soﬂrce and may be‘compared wiph the meaqurements of Klebanoff

and Tidstrom, reproduced here in Figure 3-1.

Thomas and Lekoudis (Reference 3-22) in én attempt to explain the spatial -
modulation observed by Shapiro suggested that the observation could be a
simple interference between a sound wave and a TS wave, and accordingly
evaluated such a model allowing the TS wave to amplify and keeping the sound
wave amplitude constant. Their results look similar both to the measurements of
Shapiro and to the numerical results presenfed here for the surface integral,

A22(x,n, ws). The agreement is not surprising, for 1if one considers the
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- slmpllfled form of A 2(x n w)) by ignoring the streamwise gradient of the|>(

2
boundary layer thickness, (that 1s\aa(x)/ax << B(x), 6(x),then A22(x,npwé) does |

represent an interference pattern of the kind considered by Thomas and

Lekoudis. i

The above mentioned sound exsited spatial modulation of the amplitude of the
PAE. W :

boundary layer disturbance LyggLf also observed and reported by Mechel aed fRL“
Schilz (Reference 3-16) and is probably related to the chordwise strlatlons
observed by Pfenninger (Reference 3-4) on a swept wing, (Naphthalene
sublimitation experiment) using discrete frequency noise. Pfenninger eﬁded‘
that such vortices were not observed.in the absence of noise. In view of the-
fact that the contribution of A‘ to the total disturbance correeponds to a;

22 ) !
"erawling or nearly standing" wave, it may well be associated with the .

striations or vortices. » ]

, e R LI |3’
Spatlal amplitude modulations have also been measured in sourﬂ exc1ted! :m1x1ngr ><

layers of jets (References 3-13 and 3 23 thru 3- 26) The mechanism of ¥
=23

acoustlcally induced vorticity can be applied to such flows as we;i< provided

g(

— the Gr@ S. functlon is sultablyX constructedTlfrom e‘ relevanlegenvalue ;

3.5.6 The -Effect _of Sound on Phase Speed and Rate of Amplification of

Boundary Layer Disturbance |

As mentioned in the preamble to, the hypothesis of the present analysis, the:
propagation and amplification.or decay of a TS wave is governed by the Orr- 76
Sommerfeld equation. For a specified arbitrary frequency, the rate of ampli—E
fication or decay according to stability analysis‘is a function of the'mean:
flow field only (freestream velocity, kinematic viscosiﬁy and velocity pro- .

file). The measurements of Mechel, Mertens and Schliz (Reference 3—}9)jshowed M

" that the propagation exponent of the boundary layer disturbance excited by .

sound can be considerably different to that excited by a vibrating ribbon or

X

by natural turbulence. Above a critical frequency, sound [causes|a reduction

in the amplification rate, and thus has a stabilizing effect. Further, the
measured phase speed of e&eustically excited boundary layer disturbances| was!| “ﬁ?
&'E@o be greater than that of TS waves,ivarylng between O. 45 to O 625‘of{the

; o ’ & ‘ }
- s Y877
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. ~ L
- freestream, depending on frequency. Stability calculations \"(‘h‘omogen'e'ous—Orr-r— - :>!' "

éb* Sommerfeld equation) 1ndlcate that a TS/ wave for F = 56 x 10'-6 (=QHw/Uw3)

should propagate with ]a phase speed close to 0.3 U j

2
The numerical solutions of the sound [induced inhomogeneous Orr-Sommerfeld
jeqﬁation discussed above shows that [the rate of amplification in the

‘amplifying region is indeed lower than that corresponding to a TS wave excited

;by'a localized point source. The sound anduced source has been treated as[EEJ
.extended source and not a localized p01nt source. The reduction in the ampll-l
fication rate is due to interferences not only between a sound wave and the
resultlng vorticity wave (shown in the surface integral), but also among

VOPtIClty disturbances excited by different portions of the sound wave.

i

Thel- sound induced disturbance at low |Reynolds numbers that has a defined
'ch%racteristic phase speed is that associated with the volume integral. In the
r-ange 600 < Ré 750, the corresponding phase speed is 0.61 U, and increases
’steadlly to 0.91 U, . Further downstream the component associated with the
7\ i?ﬂﬁEzzgﬁ——lntegral starts propagating wiFh a phase speed close to 0.22 U,. In
{39' ;vigw of the fact that both integrals have the same weighting, then in the
iRe%nolds number range where both contributions are Eggigégggiggthe average
phése speed will be of the order of 0.56[§;§)which is in agreement with the

i | . . . . .
'measured increased phase speed due to acoustic excitation.
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- - *”*3?6 COMMENTS—ON—BOUNDARY ™ LAYER“EXCITATION BY—TWO—OR™MORE—DISCRETE—SOUND— ~
{
|

FIELDS

The prediction of the spatlal modulation of the boundary layer disturbance

v’
excited by a pure |tone, the 1ncreaser’ 1n{‘phaseiY;§peed @ and [ the !decrease K
>
X

J
in the amplification rate seems[to be b9nne out by measurements. Since all

"these effects appear to be caused by intérferences due to the "extended source
“of ! acoustlcally induced fluctuating vortlclty," then more interactions of a
131milar nature can be expected if more than one pure tone 1is used. Such
effects should show up when evaluating the last of the three integrals in
;Eqéation 3-12 with respect to d“g- Suﬁh a Study can and should be pursded, ><
‘but is outside the scope of this investigation, and is therefore recommended

. for; future studies.
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I 7”_1COMMENTS OF SOUND INDUCED DISTURBANCES IN PRESENCE OF CROSS-FLOW |

! On a swept wing, in addition to the f@ow along the chord, there is a mean
along the span direction whose velocity profile is inflectional.

'
|

j "l
‘Brown (Reference 3-27)| and Pfenninger (ﬁeference 3428)| computed the stability
characteristiecs of such an inflectional ‘cross—flowl profile and found the

crltiggigReynolds number to be much lower than that of a Blasius profile.

[ S B e

Idlsturbance would propagate along the cross-flow direction,]and sound induced

-
excitation of such disturbances could bé treated in exactly the same way as

that just described for the TS wave in the Blasius boundary layer along a flat
> -
‘plate The difference would be\that the jvariation of the propagation exponent

LY
with distance in khe Green's function would have been different.!
i [2)

The flow field on a swept wing is three-dimensional, so that the boundary

|
!layer disturbance does not propagate along the chord or the span but at some

angle to the freestream. This angle varies with frequ;pcy and location on the
VaY ot

If
Ehe cross-flow was -the only component of the flow field, rwlthe"boundary layer
F

{gipg due to the changing magnitude and profile of the cross- flow In such a 3D1

mean flow field, the disturbance is also three-dimensional. The analyis of

spatlal stability of three dlmen31onal disturbances is recent and not fully
developed yet (References 3‘ 9&thru 3&32)& Consequently, the evaluation of

o o

'sound induced}cross-flow instability must await such development.
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ﬁ% amplltude and phase of&theﬁboundary layer disturbances and are in agreement

1 3.8 J{CONCLUDING REMARKS | — ILLUSTRATION TITLE

The factors and concept that led to the X-21A LFC/Acoustic criteria have been

'diécussed. Its main limitation is its! inadequacy to take into account the

‘spectrum and directionality of the sound {field. A semi-empirical method based
'on;numerical solutions of the homogeneous Orr-Sommerfeld equation has been

‘applied to provide sensitivity to frequency, suction distribution and suction

|rates. A directionality factor, based on analytlc solution of a more funda-

wmental [formulation of the problem, is proposed A crltlcal} SPLJ spectrum for

dlfferent angles of4%nc1dence1are compuﬁgo numerically and shown graphically.
i ol ¢ A b At ol i

An example caseﬁ{ of the application of these critical SPLlispectraj ‘15(% lsof

[shown, using a tail-mounted Jet[englne noise Spectrumg]

-
The, more fundamental problem of how does a sound wave excite boundary layer

.dis%urbances and the physical mechanisms jinvolved in the process are discussed

l _
in {Section 3.5 of this report. The {hypothesis is that, boundary layer

!disturbances being governed by the’ linearized unsteady vorticity transport

iequ%tion, for sound to excite such distorbances it must generate fluctuating
vorticity or fluctuating flux of vorticity. These are discussed in detail and
;an]inhomogeneous Orr-Sommerfeld equation is derived with source terms
probortional to the amplitude and phase of the sound field. Numerical
'solutlons of this inhomogeneous governing equatlon are computed in the form of

volume and surface integrals. The results show spatial modulation of the

w1th the measurements of Shapiro. Other measurements'where striations on an
alrf01l have been observed in the presence of a sound field are relatable to
these spatial modulations.  Measured | effects of a sound field on the
ampllflcation and phase speed of boundary layer disturbances can also be
EXplained by the analysis. The numerical solutions have been restricted to
low frequency sound impinging on the boundary layer over a rigid flat plate.
Non rigid surfaces and the effects of slots can be,|but have not been analyzed.

lefractlon by the leading edge has also been excluded from the analysis.

]
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EIGURE NIIMBER

This study has identified specific technology gaps and problem areas relative

to both cruise noise prediction and LFC ?oise criteria.

Lo

iThq cruise noise prediction methods are based largely on acoustic data
. i
'acquired at sea level under static or low forward speed conditions. To con-

lf‘ir;m the validity and to increase the accuracy of the methods which have been

U}-0——RECOMMENDATIONS

TLLUDTRATTON THLE

NOISE PREDICTION METHODS

’dejeloped-for the prediction of noise,

;thét analytical and test programs bq conducted covering the following

fsuﬁjects, as summarized in Figure 4-1 an& detailed as follows.

|

' |
o
1.

Methods Validation

To vélidate the cruise noise pr
flight test program is required

would be acquired at a (wing) s
boundary layer., This will prevent

adjacent turbulent boundary layer

incident total noise originating from the propulsion and airframe noise

under transonic conditions, requires

ediction procedures, an experimental
where high quality. cruise noise data
erace in the presence of a laminar
masking of the acoustic signal by the

and thus provide the uncontaminated

sources. JSuch a test program could be conducted on an airplane where

the microphones’could be located in the natural laminar flow of the wing

leading edge or on a laminar flow; control glove. The methods of_thig

report would be used to predict the measured total noise levels. Any

differences would be used as feedback data to allow modification of the

prediction procedures for improveﬁ accuracy of both component and total

noise.

Measured cruise noise data from the X-21A and any which is available

from high byfpass ratio turbofan powered ‘airplanes (measured in the

presence of a turbulent boundary

provide an assessment of the prediction method accuracy.

1ayer)\ also needs to be evaluated to
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Component Noise and Transfomation Studies

A. Jet Shock Associated Broad Band Noise
(i) Update. More experimental information has recently become
available on the acoustic sqectral directivity characteristics of
shock associated broad band noise at simulated low forward speeds,
%K Reference 2-!@. This noise source prediction computational

algorithm needs to be updated to include this new data.

(ii) Experimental and Analysis Program. A test program is
required to measure the shock associated broad band noise
characteristics of a two| flow jet representative of [1995(S %K
propulsion system cycle and nozzle configurations. Nozzle
pressures and temperatures need to be simulated. Data would be
acquired in the complete fow?rd and aft quadrant and at near field
. distances, as a funcion of simulated aircraft forward speed Mach
numbers, to as high a Mach number as possible., Facilities for an
experimental investigétion of this kind, at lower speeds, exist at

the Lockheed-Georgia Company|and at other companies.

Based on theoretical and experimental data the measured noise

would be ‘adjusted to correct for 1) higher aircraft forward

speeds, corresponding to cruise conditions and 2) changé in jet
flow structure at cruise conditions. Other applicable

transformations would be reviewed.

B. Jet Shock Screech ! .
An experimental model prog%am is required to investigate thev///ﬂ>

sen 00l o .
possible occurrence of shock | screech in | two flow jets, repre-

of |l995‘5 propt.lxlsion_ system cycle and nozzle|, %
/ g

This is required since no }(

]configurations, at cruise conditions.

. criteria are. available to ingicate the onset of screech.

———

.. H/‘ I - i V i : 7 o
Such a test could be conducted in conjunction with the jet broad

band shock associated mnoise test discussed in the last section.
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Results would _be._subjecti toltHé 'same_limitations--as discussed

there. Avoidance criteria may be established.

Turbulent Boundary Layer Noise

A theoretical and experimentél study of the noise radiated by a ,
turbulent boundary layer is ﬁequired. In the current empirical;
prediction procedure, the pérts (OASPL, spectrum and direction- .
ality) have been derived from different sources in the literature,
and are limited to surface velocities of about 350 ft/second. The.
prediction procedure needs td be expanded to include other turbu—g
lent boundary layer noise so&rces e.g. volume quadrupole which,r

because of the higher nois% ﬁroducing'velocity exponent associated:
e R .

EE;EE—auadrupoles, could be tﬁgﬂdominant component at.higher-subsonié]

speeds. This extension cgsid be developed analytically by firsﬂ
compafing the flow characteqistics of a turbulent boundary layeﬁ
and a subsonic jet. Then s%nce the noise characteristics of a
subsonic jet are well defined, the boundary. layer would be equate%

to an equivalent distribution of jets whose acoustic  strength

|
would be modified depending upon the flow comparison. |

i
1] t

A test program is essentialfto validate these methods. All flow
’ i

facilities have radiated turbulent boundary layer noise as a conﬂ
tributing noise source. What is .needed is an . experiment wher%
radiated boundary layer nois% can be positively identified. Such

a condition would be obtained using a rotating cylinder installeq
|

: |
suppress any_cylinder drive or other extraneous noise. Further,
‘ &

in an anechoic environment. : Much attention would be required to
i

. A |
surface velocities up .to 900 feet per second would be required.

Sound pressure levels and spectra would be measured as a functioi
|
of rotational speed throughout the speed range and the resulting

data would be used to modifyithe prediction procedures.
|

Trailing Edge Noise |

The acoustics of edges in  turbulent flows is a new field. Thq

i
|
!

near field trailing edgel'prédictiogj'gmodell isfwaeveloped from

>
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1

_fications. .There are numerous references to these effects in the

measured_airframe_far=fiieldAgCoustic_data_at_low_aircraft speeds.
This near field prediction moPel requires verification. Further,
it requires extension to highhr speeds representative of cruise,

since other edge/flow mechani?ms might be contributing at . higher
An experimental in&estigation of high speed

speeds. trailing

H s . . | . ' T e el e 3 T e
edge noise might be difficult to devise since positive identifi-

r.f

cation of this noise source could be difficult. . However, some
experimental verification is Fequifed.

i
Propagation Transformations
The acoustic propagation fro% moving noise sources: is.different
to that of stationary noisel sources. Two effects are the so-

called convective amplification and dynamic amplification modi-

|
literature  and- some experimental confirmation at low forward

speeds has been reported. Inclusion of these effects has a pro-

found impact on the noise jpredictions at higher <cruise Mach

numbers. Experimentél verification of these effects. at high

speeds is required. ' i

PR U Il

I

Propagation Modifiers
During cruise, the high speed flow around the airplane gives rise
to[é§2§§z§§§§§%§ressure fields, possible shock waves and wakes
from the trailing edges. Hence, ' the atmosphere in the vicinity
of the airframe through which the acoustic waves travel to reach
the airplane surface is not| a homogeneous medium. These non-
homogeneities can cause scattering And refraction of the acoustic
waves and thus modify the predicted incident noise field. These

effects are much more important duqing cruise in the near field
an

than at takeoff conditions 'in theﬂ]far field, wherefjmuch aero-]

acoustics activity has been focused.

T -1

__196!
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A detai}—study—of—the—lnfluence—of—these—aerodynamic—propagatior

LEUSTRATTON TTLE

modifiers” on the acoustic |field is needed e.g., the acoustic

transmission through high sp?ed wakes. The study needs to be both

of a theoretical and experimental nature.

Y - —

Transonic Acoustic Facility
Many of the problem areas recommended for further study require

some kind of experimental verification at forward speeds corre—

sponding to subsonic cruise conditions. Noise lmeasu;ementslon
airplanes cover total mnoise (contributions from ;ll moving
sources), including the individual source transformation and!
propagation modifications. !To isolate and study individual noise
sources with their forward speed effects could probably best be

done in a tramsonic acoustic !facility. u

Existing acoustic facilities: whlch currently provide forward speed

WsYe
simulation are low speed, to-approxlmately 400 ft. /sec. Data ac-
quired under these low speed conditions requires extensive

velocity extrapolation.

|
Therefore the feasibility of| developing a transonic acoustic wind

tunnel facility should be considered. Such a facility must have a
low self noisefgnvironment at Mach number up to 0.8 whether the
noise f‘r'om the tI,mnel drive or from the walls. For;
example the walls might require laminar flow control to reduce
radiated turbulent boundary| layer noise. Further, the working
section should‘be anechoic. | Such a high speed low noise environ-
@Eiggbesides being applicable to the solution of LFC cruise noise
@Egﬁigiigcould also be used to investigate other aeroacoustical
problems such as the near-field cruise noise of an advanced

propeller. _ |

Methods Update

As [ improved data prediction methods become available |. | (for;

example as a result of !these recommendations, or through

ANOPP noise prediction impro?ements or through other studies) they

— R +
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* I

- should—beincorporated; into;cther Cruise Noise Prediction Methods

{ CANYaYE]

{3}” : Manual. f

|
|
|
L, Me ds lication :
i
|
l

The cruise spectral d1rect1v1ty noise contours over LFC candldate

configurations (wing mounted, and tail mounted propulsion systems)

i
i

will be so different to thqse which exist statically that they

need to be determined. éThis should be done at discrete

frequencies and for one th&rd octave band center frequencies.
This requires multiple point use of the prediction methods since

they are only applicable to ?oise at a point.

It is desirable that for a |few critical locations, based on the
contours desired above, that reference cruise noise spectra be

established.: As more information becomes available and as the

Cruise Noise Prediction Methods Manual is updated so the reference
! spectra should also be updated, and made available to interested
fj}‘ ‘ E parties. The reference speqtra could be included in the Methods

Manual.
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S |

. Two approaches to LFC/Acoustic criteria have been discussed. One is semi=

- —FLH—é RECGMMENDATIONS—ON—LFC/ACOUSTICS-CRITERIA -
i

Eempirical and corresponds to an extension of that” used on the X-21 by taking
into account the directionality and spectrum of the sound field. The other
apﬁroach is more fundamental and involves solving an inhomogeneous Orr-

;Sommerfeld equation in which the source terms are proportional to acoustically

iinduced fluctuating vorticity. In each of the two approaches certaig

gsi@plifying assumptions were made in ordér to keep track of the basic coupling

meqhanisms .

'The main objective in this recommendation is- to identify specific tasks that
'will help generalize and improve the LFC/Acoustic criteria in both approaches
by!removing some of the simplifying assumptions. These are discussed below
iTaSks 1 and 2 relate to improving the semi-emprical critical SPL predictions!

fThT. remaining tasks are for improving the fundamental approach.

. ! [‘L/ ‘
'Although critical SPL spectra can andfhave been generated for arbitrary suction ‘}(4

'di‘stribution, angle of incidence and chord locations, the SPL values ?" are

;1n; effect defines a (ub/Um)Crit? must be added. Inm [Section] 3.4.5, orll

iap;ialication example, by comparison witlril a measured critical SPL, the upper

melatlve '/and to convert such values to absolutelSPL a constant dB level which l//

1imit was deduced to be 130 dB. [The validity of such an upper limit meeds)to

“be: investigated, and this involves an| experimental program using suitable

alrf01l surfaces and correspondingly sultable suction distribution. When such

‘a test, is carried out, a set of measurementss with different sound “%‘

‘rlrectlonality should be incorporated as a subtask. Northrop tests, withL o
[w* directionality limited to longitudinal and transverse directions, éhowed %c
significant effect wf directionality. No tests have been reported where the \
sound propagates upstream. ‘ "{ "'(‘ b
fijJ e

{ ' ' 0-{? AL v N
5
1
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ILLUSTRATION TITLE

In;computing the critical SPL for the Loqkheed airfoil for a specified suction
diétribution, the amplification spectra jwere computed by solving the homoge-
nedus Orr-Sommerfeld equation. In the {more fundamental approach which was
regtricted to plane sound wave impinging on a semi-infinite flat plate, the
‘inﬁomogeneous Orr-Sommerfeld equation was solved with results showing that the
?amglification rate was space modulated and somewhat different to that from the
‘hoﬁogeneous solution. In this task, {t is suggested that the flat plate

inﬁomogeneous equation evaluation be extended to the airfoil case. The pre-

Iviously computed homogeneous solution can still be]used[,to\construct

lfuﬁction needed in evaluating the inteéral equation. The results will not

only modify the critical SPL spectra, bht should also allow [localization|of
%,

fth% situations if present.

-
TASK 3
|

fThe analysis on the coupling of sound to boundary layer disturbances has been

ide%eloped so far for discrete frequency sound on flow over a semi-infinite
i ! |

}riéid flat plate. It is known from measurements that the critical SPL 1is

hiéher for broad band sound compared te a pure tone. Before attempting to
§siﬁulate broad band sound, it is suggested that the semi-infinite rigid_ flat

‘plate calculation be extended to include two and three pure tones with the
. 1

_ e

same and varying phasesj
|

TASK 4

:Unﬁer this task it is proposed that the|sound scattered by one and a distri-
! O :

[?ution of slots be studied with a view to evaluating.the\ acousto-hydrodynamic

'conling. Finite differences are expected from the coupling with the incident

.plane wave, one of which is that the amplitude of the scattered sound field

deiays as the distance from the slot increases, unlike the constant amplitude

Jof
!

jth? fluctuating vorticity sources at each of the]slots. Contribution to the

[sufface integrals from the flat plate wiill not be zero as in the case of rigid

the incident sound. Another difference is due to discrete phase lag among

C
{flgt plate. A length scale proportional] to the slot spacing is expected to be

hs ><&L

thtﬂGreen'sT

X

A

-a—parameter-

i ' . Y Ir ¥
1200, : &
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APPENDIX A

The Fluctuating VortiéityﬁField of a Sound Wave in a Non-Uniform Flow

The non-uniform mean flow considered is a uni-directional flow (in x
direction) transversely sheared (in y direction). Such a flow approxi-
mates that over a flat plate or a jet issuing out of a nozzle, since the
. transverse components are normaliy much smaller than that along the main

stream.

The convected acoustic wave equation governing the sound field is

given by'(Reference 3-20) .- --

2 —_I—.D_Z_Fl -Q_U_?_V___' -
VP - < Gzt % 5k = O A-1

Because the coefficients are not functions of the x and t inde-

pendent variables, the solution can be written in the form,

.(wf;kxx)
P =F(y) e A-2
where F(y) takes the form of ,eiJkyy in uniform unbounded flows (or in ,

a homogeneous ambient medium). In the uniform part of bounded flows, F(y)

is made up of a combination of e'jkyy and Be+jkyy, where B represents
some form of reflection coefficient from the shear layer. Inside the shear
layer, F(y).is a continuous function of y and its distribution depends

on the frequency of the sound wave and the mean flow profile, accounting for

refraction effects.

The particle velocities associated with the acoustic pressure field

as given by eq. (A2) is governed by the linearized momentum equations, namely

du su
N a+U__a+va_d_3_=-

ot 3% X A-3 .
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and

1 3P
ETE - A-h

in which the viscous terms have been left out as was done also for eq.

(A-1).

An expression for v, and u, can be obtained by substituting eq.

(A-2) in equations (A-4) and (A-3) and may be written in the form

= v. = - 1 il A-5
pc Ya jk(1-MK) 3y

and
_ . 1 3P _ 1 dM 3P
pC Ua Jk(1-MK) 3x  Kk2(1-MK)2 dy 3y A6

where M = U{y)/c and k =w/c, K = (kx/k)

The fluctuating vorticity attached to the sound field may be defined by

oV ou
1 a

=1 (__38._32 , -
3 = 3 ( 9x oy ) ) - AT

and may be evaluated by substituting eq. (A-5) and A-6),

In the special case of uniform mean flow, M is a constant, so that

dM/3y = 0 and the last term of eq. (A-6) vanishes. If then eq. (A-5) and

(A-6) are substituted in (A-7), one obtains
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Q. =0 A-8

for sound propagating in a uniform mean flow, or in a homogeneous

ambient medium.

In the case of a transversely sheared mean flow, it can be shown that

1 K2 oM 1 3 1 M ap
= — F e —— —————— e A-
% " Zpe LTARIZ 3y PUOYsW) * 53 5y Mo by ay}] 9

Further simplification to eq. (A-9) can be made by carrying out the
differentiation of the last term, and using a reduced form of eq. A-1
after substituting eq. A-2. |If this is done, it can be shown that eq.

!

(A-9) reduces to

Q, = E%E E(y,K,k) exp (jut - kxx) A-10
where

E(y,K,k) = {__jgfi__ -1y MEy) 4 282M 3F A-11

(1-MK)2 dy - k2(1-Mk)2dy2 dy
or "
2K2
oM 1 3%2M aF, 1
E(n,K,k) = [{———— - 1} = + =] -
(n b= 1 (1-MK) 2 an F(n) (k§)2(1-MK)2 9 3n” §(x)

Thus the fluctuating vorticity attached to the sound field has the

same axial phase dependence as the sound field, as it should, but its transverse

distributionis a function of the frequency k, directionality of the sound
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field through the term K = kx/k’ the sound pressure distribution F(y),
across the boundary layer and the first and second transverse derivatives

of the mean flow 3M/3y and 32M/dy2.

This fluctuating vorticity attached to the sound field vanishes outside

the boundary even when the sound field is still present.

204



APPENDIX B

Perturbation and linearization of the vorticityltransport equation, and the

acoustically induced sources of the inhomogeneous Orr-Sommerfeld equation.

The acoustic perturbétion of the vorticity transport e€quation involves
expanding the relevant variables of the equation in terms of the steady state
values and the fluctuating components. Recognizing that acoustic and boundary
layer disturbances propagate with different speeds, the corresponding fluctu-
ating velocity vectors denoté&'gyl;he 3; and %b whose ‘components along the main

stream are respectively u and u and those transverse to main stream

are denoted as v_ and vy, respectively.

The components of the mean velocity aIQng x and y are denoted by
U(x,y) and ¥(x,y) and are assumed functions of x and yin the initial derivation.

Thus

U(x,y,t) = U(x,y) + ub(x,y,t) + ua(x’y’t) B-1

V(x,y,t) = V(x,y) + Vb(x,y,t) + va(x,y,t) B-2

where up and vp are x and y components 9% the.partfcle velocity
associated with Boundary layer disturbances and are governed by the lihearized'r
vorticity transport equation; and u; and v, are x and y components

of the particle velocity associated with the acoustic field and are governed

by the convected acoustic wave equation.

The vorticity.vector, curl @, which reduces to the one component about

the z axis for 2-dimeﬁsiona] flow becomeé
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_ 1 ,3v au
8, =3 (ax X% B-3
and can be expanded into a mean quantity Q , and two fluctuating quantities

Qb and Qa associated respectively with the boundary layer disturbance and

the acoustic field. Thus

QZ=Q+Qb+Qa B-4
where
- 1 .,V au
Q f(g;(' By)
v au
1V b
% =7 5 ") B3
and

Q
1]
]
1))
~

a 2 Vax ay

The vorticity transport equation representing the conservation of
vorticity, states that the local time rate of change is balanced by cohvectiveA
transport (corresponding to accumulation) and dissipation by viscous effects

and may be written in the form,

e L3 9 - VW2 = -
=t * 3x (uQ) + 3y (va) - wvéq 0 B-6
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Equations B-1, B-2 and B-4 may be substituted in the above equation.

tn view of the fact that the sound field is assumed known (even if acoustic

scattering in the form of diffraction, reflection and refraction have to be
evaluated), the terms with subscript '"a" can be transferred to the right of
the equality sign. If this is done after linearizing eq. B-6 one obtains

’ -9 . = '

+ -— + — 2 = - — A - 2 -
Q +u stV 5y wia, 3¢ 9, + div (masz) vl B-7
where w, is the acoustic particle.velocity and whose x and y components

are u and v _.
a a

In obtaining the above equation, the divergence of the mean flow field

and of the velocity field associated with the boundary layer disturbance

' have been taken to be zero.

Although equation B-7.§Hows the linearized vorticity transport equation
as forced by the sound field, it is not in a sﬁitable form for obtaining a
solution due to the mixed variables Qs Yy and vp. In terms of a stream
function ¢ defined by

= 3y/dy, Vp = -3y/3x and 29, = - VZy

Yp b .

equation B-7 becomes

D 23y 30 23y 30 o=
by - 2~ g2y + £9¥ 9« _ =L = W ) -
VY Dt Ve 3y 9x 3x dy 2Qa (Qa’ma’ﬂ) B-8

where v, is the acoustic particle velocity vector whose x and y components
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are u_ and v, respectively.

‘-::'—3— -di g 0) - o2 ..-
Qa (Qa,ga,ﬂ) {at Qa.+ div (Haﬂ) vy Qa} B-9

Qa is defined in agppendix A.

For flow over a flat plate, if the usual approximation that V(x,y) =0

and U = function of y only, then equation B-8 reduces to

by - LD o0 13w 32U _
v v Dt v - v 9x dy2

and is the inhomogenecous Orr-Sommerfeld equation.

The source terms are linearly proportional to
sent a volume distribution of acoﬁstically induced
multipolé}arders. The firsf>£érm réprésénts a time
ating vorticity, the second term is the divergence
duced by the particle velocity associatéd with thé
term represents the dissipation of the fluctuating

sound field.
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APPENDIX C

Evaluation of the integral

g L w
wl(X,ﬂ,ws} =2 J Jd(xs) {jtéz-'Vi} 0, (xs,n

v ) g.fx,xs,n{ns,ms)dxs dns .C-]

s*Ys

where Qg = %—E (nS,K,ms) e-kaxs (see Appendix A) c-2

and E(nS,K,ws) is a function of the sound pressure level and its distribution

across the boundary layer.

g(x,xs,n,ns,ws) corresponds';o the temporal Fourier transform of the .
‘.- response of the boundary layer at an arbitréry (x,n) due to a time harmonic

point localized source at (xs,ns), similar to. that from a vibrating ribbon,

and may be written in the form,

=jB{x-x_) c-3

g (6x_nang Lug) = 9 (ng) ¢(n) e

where B8 is-the spatial eigen-value of the homogeneous Orr;Sommerfeld
corresponding to the most amplifyingA(or least damped) wave; ¢(n) is the
corresponding eigenfunction; aqd §(ns) is the receptivity and describes the
effectiveness of excitation asla‘function of the transverse location of the

point source.

Because the boundary layer thickness in most cases of interest changes
with distance along the free-stream direction, eq. (C-3) is better expressed

in the form,
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X

g (x,xs,n,ns,ws) = é(ns) ¢(n) exp - ] j B(x ) dx .

X
S

c-4

Thus eq. (C-1), after some rearrangements may be written in form,

biximiag) = 800 o(n) D%J[%] (”7‘5] H B(xg,ng) §(ng) dxg dng  C-5

where § = §(x), F is the SPL at the rigid surface and is twice the SPL of

the incident wave, .-

T [stx)\3f, . kx) 2 cwst 427 [ 2k oM |
B(Xs’ns) = '- {'—TETG X } {1 J wsr(k] + ) (k6)2dn52_] A (T-MK) 2 1 31’15_]
X
X exp = j {ksxs + I B(x ) dx_} c-6
Xs
In obtaining équatioh C-5, a low frequency approximation of Equation I11-C-2
has been used. In Equation C-6, wgT = 0.75 of the viscous relaxation time =

wg V' . .
0.75 TET , and at low frequencies wgT < < 1, so that only the first term

inside the first square brackett need to be retained, unless k& < < wgT,

in which case the third term must also be retained.

Assuming that wgt < < k§(x) (not valid close to leading edge), Equation

C-5 becomes

F Rs /2 _
wl(xyn,ws) = G(X) ¢(n) E—C k(s —M: eJ Dl(ei,Mm) Al(x,xo’ws) C'7

where
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X

Ay (x,xq,0g) = J

-{%))_}3 exp -j{kxxs + Ix B(x.) dx }] dxg  C-8
A x

X0 s
and
1 . L ,
DL(8;,M,) = _2K2 LM 20 dn c-9
e , l(-mk)2 [ dng TTTST TS

As mentioned earlier, §(ns) describes the effectiveness of'boundary
layer disturbance excitation by a vibrating ribbon as a function of location
across the boundary layer; and details of its variation does not appear to

be available either theoretically or experimentally. |If it is treated as a

constant say §°, then Equation C-Q reduces to

\ n=1
- - [ K M
D1(8;,Ma) = 2 g {I-MK ) E}
0

and since

one obtains, .

- (2 cos?8; '
D1 (8iMo) = Jo Me {, A e -1} c-10

Thus Equation C-7 becomes

F j"/2 - [ 2 cos® 6
Py (x,n,u0g) = 8(x) ¢(n) 5c k§ Rs e 9o {] ¥ Mo o5 B -&Al(x,xo,ms) c-1

where Aj;(x,xg,ws) is given by Equation C-8 and must be computed numerically

due to the variation of B(x ) with x .
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APPENDIX D

Evaluation of the integral

= T 0 L d -
W2(X,n,ms) fj.dlv (gaQ) G(XS) g (x,xs,n,ns,ms) dxg dng . Dp-1

ClN

The above integral may be rewritten in the form,

v2(x,n0) = - %-f['(xéﬁ) - grad_ {g8(x3)} dxg dng

+

< N

(. by o = L )
[I div {g 5(XS) maQ} dxg dng . D-2

In the above form, the variables of g have been omitted for convenience
of writing, but g is still a function of X, xs,n, Ngs and w. The last
integral in eq. D-2 can be replaced by a surface integral, and let this
be denoted by y,, and let the first integral of equation D-2 which is a

volume integral be denoted by ¢5;. Then eq. D-2 may be rewritten in the form

vy (x,n, w) = ¥a1 (x,mu )+ a2(x,m, w) D-3
where
21 (x,m,0) = - %—ff (gaﬁ) * grad_ {g §(x!)} dx_ dn_ D-4
and
v22 (om0 ) = = ! {g G(X:) el ds,_ D-5
S
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where the subscript n denotes normal to surface Sn.

Evaluation of  ¥21(x,n,wg)

From eq. D-4, U5, may be expanded to

2 - 93 =9
Y21 (xom, w ) = - ;” [u Iy {g d(x:)}+ vafl E {g 6(x2)} dx_ dng D-6

where u_ and v, are the ééddstTc.particle velocities along and transverse
to the mean flow direction respectively. As discussed in the main text,and
appendix F, for acoustic frequencies k << 1, the variation of the sound field
across the boﬁndary layer is neg]iéible. " This results in the neglect of the

second term of eq. D-6.

In appendix C it was suggested that g(x,xs,n,ns,ws) could be
approximated by
X

g (x,xs,n,ns,w ) = 50 ¢(n) exp -j ( B(xs)dxs D-7

X
S

From appendix A, u. can pe_approximatéd to

ua (Xs,ns,ws) = Tav

where
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k cos 6;

~
il

X

k 1+ M_cos b
[--]

F(n) = F,

and Fo is the constant sound pressure level in the boundary layer in the

low freq. limit and is equal to twice the incident S.P.L.

After substituting for g and u, from ‘eqs. D-7 and D-8, eq. D-6

may be rearranged in the form,

..

- - _
= z 2 ; -
V21 (x,n,ws) = 8(x) ¢(n) 95 5e RG D, (e.,Mm) Ao (x,xo,ms) D-10
where R6,= u, §(x) /v -
x
X{. - ]
1 6(xs) 4d 6(xs) -Jk X" 6(xs)dxs
A21.(x,xo,ws) = 511 a, + JB(xs)G(xs) e x, Idx D-11
X
o .
and must be integrated numerically due to the variation of B(xs) with X
and
1 K dM _ -
D, (ei,Mw) = fm—d?; dng = [logy (1 + M, cos 8) /M D-12
o .
Evaluation of surface integral Y22 of eq. D-5 i
¥or (x,n,w) = surface 2 § (x¥) Q ds D-13
22 \X,m, N g s/ X n

n

where the integration is carried out along the surface bounding the

source region as shown in sketch:
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Figure D~1. Sketch shows control volume and surfaces in the
evaluation of Y,; and y,,.

It is required to evaluate the contributions to 5o of the normal com-
ponents of (g S(X:) X, Q)- to the surfaces S;, S», S3 and Sy, circumscribing

the source region between x; and x, where xj is arbitrary and x 1is one of

of the coordinates of the field point (x,n) where the boundary layer

disturbance is to be evaluated. There is no contribution from surface S,

because Q is {dentically zero there since the surface is

outside the boundary layer. On surface S, , the normal component of

g §(x2) w Q is zero because v , the relevant component of w_ is zero as a
s "va a na

result of the rigid surface condition. If surface Sy contained one or a

distribution of slots, then v, at the slot surfaces would not have been

zero and a finite contribution to.y,, would have resulted from these

slots. Limiting the study to rigid flat plates, the only contributions to

Yo, are from surfaces S; and S, and may now be written in the form,
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. |
baa (x,nyug) = & f {9-163(‘x> IRCTI L
o vlJ - . dng s
° x

0 - _ X1

If the approximate forms for g and uy of equatibns (D7) and (D8)

are used, wzz(x,n,ms) may be rewritten in the form

c . -

) P o . )
¢22(X,n,w5) = 6(X) ¢(n) 90 R6 ZQ'DZ(Bi,Mm) AZZ(X’X]:ws)' (D]h)
pc
where _ - .; , RS |
X . 3 jkxX1‘jJ B(xg)dxg
_e s s “5(X )e )
Azz(x,x1,wg) = [8(x) e Fjleyx Jioﬁ(xs)dxs - —= X (D15)
- §(x)
and Dy = [Logy (1 + Mw cos 6;)] /My

Thus equation (D3), the solution to the surface integral of equation

(D1) may now be written by combining equations (D10) and (D14) in the form,
Yo (x,n,0g)=8(x) ¢(n) 5z, %o Rs D2 (8;,My) _Az(x,>_<o,ws) (D.16)

where

AZ(X’XOaws) = Azl(X,XQ,wS) + A22(X,X0,ws) (017)

A,y and Ay, defined in equations (D11) and (D15) are evaluated numerically
and discussed in the main text.
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APPENDIX E

EVALUATION OF THE SOUND FIELD INSIDE THE BOUNDARY OF A

FLAT PLATE DUE TO AN INCIDENT PLANE WAVE, AND THE ASSOC!ATED

FLUCTUATING VORTICITY FLUX.

The convected acoustic wave equation governing the sound field in a

unidirectional transversely sheared mean flow field is given by'(Réference 3-20)

VZP-ZIZ—V%-Z,:%*ZE%J:—Z=0 E-1

A plane wave is considered in the freestream incident at an 6; to the
freestream direction as shown in “Figure 3-14. A part of this wave is
reflected off from tﬁe upper surface of the shear layer and a part is réfra;ted
into the shear layer. The - refracted portion of the wave upon reaching the
rigid flat plate surface at the bottom of the shear layer is reflected back
into the shear layer and will emerge at the upper surface of the shear as a
"bottom'' reflected wave. Since the mean flow is non-uniform, the reflection and
refraction process can be physically visualized as a continous process as
sketched in Figure 3-14, Sound'waves propaéating.upsfream are subjected
to similar convéctive, refractivé-and reflective scattering and in addition

zones of ''relative silence" can be expected except for diffraction.

In evaluating the sound field inside the bouhdary layer, the above
mentioned scattering effects (convection, refraction, reflection and

diffraction) must be taken into account. An elegant method is to solve the
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. governing equation (E-1) numerically in the boundary layer and imposing the
following boundary conditions: On the rigid flat plate the normal component
of the acoustic particle velocity must vanish which is equivalent to 3P/dy = 0O;
on the upper surface of the boundary layer, the acoustic pressure field and the
normalvdisplacement must be continous and therefore may be equated to the suﬁ
of the prescribed incident wave and a reflected wave of yet undetermined.
amplitude, which together are solutions of equation E-1 without the shear term.
In the uniform region o%'éhem;ean flow, the pair of solutions satisfying

equation E-1 are

Py(x,y,0) = {P-; etikyy P, e ky Y} o d kxx + jut -

where subscript , refers to external (to boundary layer)
i refers to incident plane wave

r refers to reflected plane wave

o’ | Jk,Y. -jky. -jkx + jut o
It can be easily shown that
ke = k cos 8;/{1 + Mg cos 8;} E-4
ky = k sin 8;/{1 + My cos 8;}

Inside the boundary layer, the solution of equation E-1 may be written

in the form
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P1(x,y,0) = H(y) e’ kx X + jut E-5

where H(y) is the numerical solution of the following differential equation,

RS
L G E-6

and the dash refers to derivative with respect to y; a and b are functions of
the acoustic frequency paraﬁéfér'ﬁé, the local Mach number which is a function
of the mean velocity profile, the freestream Mach number and the directionality

of the incident wave; more explicitly,

aly,k8,Me,8;) ==(k&)2[ (1-MK)2-K2] E-7

-2K dM
Py k8: e, 01) = TRy &y

and K = ky/k = cos 8;/{1 + Mw cos 0;} E-9

Equation (E-6) has been evaluated numerically to provide the amplitude variation
of the sound field inside the boundary layer and is shown in figures "E-1
through E-3 for different non-dimensional frequencies k8 and angles of
incidences 6;. The amplitude distribution in the absence of mean flow
(influenced only by reflection) is also shown to contrast the refractive
effects. For the case of 180° incidence and higher non-dimensional frequencies,
the rapid fall off in amplitude from the outer edge of the shear layer is

noticeable and corresponds to the zone of ''relative silence''. For all angles
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at low frequencies, it may be noted that the sound pressure level deviates very

little from unity, implying little refraction.

The transverse distribution of the fluctuating vorticity flux induced
by the sound field, second term of equation 3-10 of main text, has been
evaluated using the acoustic field in the boundary layer and the mean transverse
velocity gradients and is shown in figure E-4 through E-6 for different angles

of incidence 6;

; and non-dimensional acoustic frequencies k6. In the high

frequency case, the variation of the vorticity distribution with angle 8 is
quite noticeable. At lower f;éﬁuéacies, the acoustically induced fluctuating
vorticity flux is proportional to ké and its distribution is shaped more by -
the mean shear distribution than the sound pressure distribution, except at
high angles of incidence: . Figure.E-f shows the acoustically induced fluc-

tuating vorticity at the rigid plate surface as a function of frequency

parameter for different angles of incidence... For the case of 180°, above a
critical frequency the fall in the acoustically induced fluctuating vorticity _

flux is due to the reduced penetration of the sound inside the boundary layer.
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