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Abstract

Static and unsteady pressures were measured
on a 50.45 degree clipped delta wing in the
Langley Transonic Dynamics Tunnel with Freon as·,
the test medium. Data taken at M= 0.9 is pre
sented for static and oscillatory deflections of
the trailing edge control surface and for the
wing in pitch. Comparisons of the static mea
sured data are made with results computed using
the Bai1ey-Ba11haus small disturbance code.

Introduction

The prediction of unsteady aerodynamic
forces on oscillating airfoils and controls at
transonic speeds has been the subject of experi
mental and computational studies for many years,
for example, Lambourne (ref. 1) and Lessing,'
Troutman and Menees (ref. 2). In the past few
years there has been a significfnt effort .'

The wing was constructed of stainless steel
ribs and spars with a Kev1ar-epoxy skin and
weighed 53.93 kilograms. The trailing edge
control surface, ribs and skin, is a graphite
epoxy structure built around a step-tapered
steel shaft. For this test a dummy leading edge
control was substituted for the movable control.

Wing Mounting and Oscillation System

The wing was mounted on a hydraulically
driven oscillating drive system on the side wall
of the Langley Transonic Dynamics Tunnel as
shown in Figure 2. It is supported on a tapered
shaft of the drive system that mates to a tight
fitting cavity in the wing. A wing fence at the
root of the wing was designed to seal the wing
at the juncture with a splitter plate. The
splitter plate was constructed in two sections,
a rigid outer section, and a remotely con
trolled, compliant center section that fits over
the wing fence and permits oscillation about a
variable mean angle of attack. The wing static
position and the dynamic amplitude are under
control of two separate systems; the first is
electro-mechanical and the second hydraulic.
The dynamic system was designed to be operated
as a spring-mass system at a resonance condition
in pitching using heavy tuned springs.

The pertinent configuration parameters.of
the wing are given in the sketch in Figure 1.
The clipped delta, semi-span, wing had a sweep
angle_of 50.45 degrees, a panel aspect ratio of
1.242, and a circular arc airfoil with a 6
percent thickness ratio. The semi-span is 1.143
meters and the root chord is 1.614 meters. The
pitch axis is located at 65.22 percent of the
root chord. At the fi rst wi ng resonant
frequenc~, 28 Hz, there are significant dYnamic
bending deflections outboard of the control
surface which restricted the maximum excitation
frequency to 22 Hz.

spent to develop an experimental data base for
verification of transonic computer codes and to
improve understanding of the complex flow
phenomena at transonic speeds. Notable examples
of these efforts are Tijdeman and Davis (ref. 3
and 4) with two dimensional airfoil studies and
Sandford, et a1' (ref. 5) wi th a high aspect
ratio wing with multiple leading and trailing
edge control surfaces. The present paper
contains some results from an experimental study
of static and oscillating pressures measured on
a clipped delta wing. The pressures were
generated by deflections of the trailing edge
control surface and deflections of the wing in
pitch. Static pressure comparisons are made
between the measured data and calculated
pressure from the Balley-Ballhaus small
disturbance· code (ref. 6).

Description of Apparatus

half mean chord length, m
local chord length, m
upper surface pressure
coefficient, static or dynamic
modulus
frequency
~, reduced frequency

Mach number
dynamic pressure, kPa
thi ckness rat i 0
free stream velocity, mls
fraction of chord

peak oscillation amplitude in pitch,
deg.
mean angle of attack or static angle
of attack, degrees
lifting pressure coefficient,
CPL - Cpu' static or dynamic
modulus
peak oscillation amplitude of control
surface, deg.
control surface static angle,
positive trailing edge down, deg
fraction of semi span
velocity potential
phase, angle, deg.
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Previous experience with inexorably driven
airfoils had indicated that a spring-mass system
would be desirable in that it would result in a
lighter loading on the drive mechanism. In
practice the springs were tuned to only one

, st iffness and the system was operated at
off-resonant frequenices such that a tunnel
entry was not made for each change in fre
quency. It was also necessary to preload the
springs to one degree deflection to eliminate
load reversal in the system through the range of
oscillation amplitude. The separate hydraulic
systems which drive the wing in oscillation and
control surface position, static and dynamic,
are controlled by servo feedback systems.

Instrumentation

The wing was instrumented with 76 dynamic
pressure transducers and 81 static orifices.
The location of the upper surface transducers
and static orifices are given in Tables 1-a and
1-b. There were nine accelerometers mounted in
the wing at the locations given in Table 2. The
accelerometers were installed to measure the
dynamic amplitude including the effects of de
flection due to out of plane dynamic deforma
tion. The control surface deflection and the
model mean angle of attack were measured with
potentiometers. The wing oscillation amplitude
was measured with a linear variable differential
transformer. Strain gage bridges on the wing
structure and in the control surface shaft mea
sured strain and moments for loads monitoring
purposes.

Test Conditions

The wing was tested in the Langley Tran
sonic Dynamics Tunnel in Freon at a dynamic
pressure, q, of 9.34 kPa (195 psf) and at a
Reynold's number of 10 x 106 based on the mean
chord length of 0.922 meters. Boundary layer
transition strips were fixed on the wing surface
at 8 percent chord from the leading edge. The
grit size varied from number '70 at the root to
number 90 at the tip.

Data Reduction

The static and dynamic data were digitally
recorded at the rate of approximately 950 sam
ples per second per channel. Data acquisition
and display were under control of the facility
computer (ref. 7) and the daily post-test data
processing and analysis were performed on this
system. The static data were converted to engi
neering units and analyzed during the test.
However, the dynamic data were analyzed post
test to determine the Fourier coefficients from
which the modulus and phase were determined.
The reduced static and dynamic data sets were
then put on file at the Langley central computer
facility for further examination and analysis.

The symmetry of the airfoil section per
mitted use of the top surface tranducers and
static orifices to measure pressure differen
tials. The top surface pressures were measured
at a positive angle of attack and the lower sur
face pressures were obtai ned as the upper sur
face pressures measured at a negative angle
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of attack. The surface distribution of ACp,
static and dynamic, was computed from the two
relevant sets of data on the central computer.

Static Calculations

Static pressure distributions for pitch and
control surface deflections were computed using
the modified three-dimensional, transonic small
disturbance, Bai1ey-Ba11haus code. A conser
vative difference method is used except for the
cross term ~xy. This code (ref. 6) has
opt ions for a vi scous boundary 1ayer and the
Murman bump, an empirical method for modeling
shock-boundary layer interaction. Both the
boundary layer and bump options gave essentially
the same pressure distributions and shock
location using the standard default options.
However, the inviscid option, which was used in
the present paper, gave the best comparison with
experiment in that the shock location is further
aft and in better agreement with experiment.
The calculated pressure distributions for the
deflected control surface were made by dividing
the wing spanwise into three panels and changing
the local airfoil coordinates at the control
surface location for each deflection angle.

Results and Discussion

As an introduction to the results, a cal
culated static pressure distribution of the
upper surface at a wing angle of attack (~) of
two degrees is shown in Figure 4. Changes in
the chordwise pressure distribution with span is
evident. These characteristics appear in
succeeding static and unsteady results.

Stat i c Results

The experimental and calculated variations
of Cp (upper surface pressure) and ACp
(lift~ng pressure) with chord position are shown
in figures 5 and 6 for pressures induced by wing
pitch and control surface deflection.

The variation of static pressure with angle
of attack (Fig. 5a, 5b) is shown for the five
chords. The symbols are the experimental re
sults for angles of attack (~) of 0, 1, 2, 3, 4
and 4.5 degrees in Fig. 5a for Cp and 1,
2, 3, 4, and 4.5 degrees for 6Cp Yn Fig. 5b,
and the lines are the modified Bailey-Ballhaus
results for a up to 4 degrees. Agreement bet
ween the experimental and calculated results is
good for the lower values of a but deterioriates
above a = 2 degrees. The theory assumes
attached flow whereas experimentally the flow
separates at the sharp leading edge fdr a > 2
degrees. A vortex is formed that promotes flow
reattachment at a = 3 degrees at station
n = 0.698 which expands to the other stations as
a is increased.

The data for static deflection of the con
trol surface are given in Fig. 6a and 6b. The
,upper surface pressure, CRu ' is presented
in Figure 6a for a = 0 an~ control surface
deflection angles, ~, of 0, 2, 4 and 6 degrees.
In Figure 6b 6Cp for a = 20 and for ~ = 0,

..
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2, 6, -2, and -6 degrees are presented. The
agreement between experiment and analysis is
reasonable for small values of ~ (2 degrees).
However, at large deflection, 6 = 6 deg, the
analysis predicts more negative and larger 6Cp
pressures than wer~measured in the neighborhood
of the hinge line. It appears that 6 = 60 is
beyond the limits of the small disturbance code
for this configuration. It may be noted, how
ever, that the code was very robust and there
was little difficulty in obtaining results even
for these large deflection angles.

The agreement between the experimental and
analytical results for variation in 'Q and 0 is
best at the inboard stations, it decreases with
increasing span station. This is most apparent
in the results for Cpu for both sets of data.

Unsteady Pressure Measurements

Unsteady first harmonic pressure distri
butions measured during wing pitching oscilla
tions and for control surface oscillations are
given in Figures 7 and 8, respectively. Data
are shown for the wing at three mean angles of
attack (0 degrees, 2 degrees and 4 degrees) in
the form of modulus, and phase angle on the five
chords. At a = 0 deijrees the pressure data is
gi ven as CPu and at Ci > 0 the resul ts are
shown for the lifting pressure, 6Cp• The
phase angle between the pressure and its rele
vant deflection is generally modified by adding
or subtracting 3600 to present the angle bet
ween +180 degrees. Also, a phase difference of
180 degrees and a factor of 2 in magnitude
between the Cp data and the 6Cp data may
be noted when ~omparing the two sets of data.

, The shift is due to the vector subtraction
6Cp = CPL - Cpu'

Pitching Oscillations. - The pressure modu
lus and phase angle resulting from oscillation
of the wing in pitch at an amplitude of +0.5
degrees and at a wing mean deflection of 0
degrees, 2 degrees and 4 degrees are given in
Fi gure 7a, 7b and 7c, respectively. The pressure
from the shock is apparent in Fig. 7a and 7b, a
= 0 degrees and 2 degrees, only at a frequency
of 16 Hz and is located at an xlc of 8n percent
at n = 0.337 and at an xlc of 60 percent at n =
0.856. At the lower frequency, f = 4 Hz, the
modulus actually decreases in the neighborhood
of the shock. The dominant feature of thea= 4
degree data (Fig. 7c) is the rise in the modulus
of the oscillatory lifting pressure, 6Cp, at
the leading edge due to the flow separation.
The pressure peak due to the shock wave does not
appear except at the two outboard stations. The
phase distribution in this data shows more
variation than the modulus and is similar for
all mean angles of attack. The phase angle is
1800 at the leading edge for the Cp data
(a = 00 ) and DO at the leading edgeUfor the
6Cp data (a = 2°, 4°), back to the shock loca
tion where it increases rapidly. The phase dis
tribution for the 4 degree data differs from the
a = 2 degrees data in that the phase is negative
at the leading edge in the region of the flow
separation. The phase angle behind the shock
location is always larger for the 4 Hz data.

Control surface oscillations. - Figures 8a,
8b, and 8C give unsteady pressure results due to
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control surface oscillation for several values
of amplitude, 0, and frequency, f, for static
wing angles of attack, a, of 0, 2, and 4
degrees. There are no pronounced effects on the
modulus of the lifting pressure, 6Cp, due to
frequency of the control surface in the two sets
of data. The apparent difference due to changes
in 0 in Figure 8 would be reduced if the data
were normalized by the deflection amplitude o.
At the higher angle of attack (a = 4°, Fig. 8c)
there is a shift in the modulus peak with fre
quency in the two outboard chords. At the lower
frequency, f = 8 Hz, the peak is close to the
shock location while at f = 22 Hz the'modu1us
peak moves aft. In contrast to the pitch data,
fig. 7c, there is a distinct difference in the
phase angle for the two frequencies. The angle
is the same only at the trailing edge and on the
control surface. Going forward, trailing edge
to leading edge, the pressure ultimately lags
the deflection by approximately 180 degrees for
the 8Hz data and by more than 300 degrees on the
two outboard chords for the 22 Hz data.

Concluding Remarks

Some static and oscillatory pressure re
sults are given for a small range of parameters
at 0.9 Mach number for a clipped delta wing with
a circular arc airfoil.

Calculated results from the Bailey-Ballhaus
code compared well with the static experimental
data for deflections of the wing or control
surface less than 2 degrees. At higher angle of
attack flow separation at the wing leading edge
precluded satisfactory comparison for the wing
in pitch.

The dominant features of the oscillatory
wing pitch results are the effects in the
pressure induced by the shock wave at the low
angles of attack, a = 20, and the higher lift
ing pressure modulus due to flow separation at
a= 4 degrees. The magnitude of the phase shift
due to flow separation and reattachment was
small, but detectable, in comparison with the
shock induced phase shift on the aft portion of
the wing. The effects of varying frequency and
amplitude on phase were small.

The effects of oscillatory control surface
deflection or frequency on the modulus of the
lifting pressure were small whereas, in contrast
to the pitch data, there is a large phase shift
due to change in frequency.
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TABLE I-a

Dynamic Orifice Locations
xlc

Chord 1 2 3 4 5

.073 .068 .077 .075 .196

.122 .122 .127 .124 .246

.197 .249 .199 .198 .3tl5

.248 .300 .780 .250 .452

.299 .348 .851 .300 .550

.349 .449 .901 .348 .603

.448 .500 .951 .450 .655

.551 .550 .497 .705

.601 .601 .548 .781

.650 .649 .601

.698 .700 .651

.781 .775 .70

.850 .896 .780

.900 .903

.952

e,m 1.1474 0.8588 0.7971 0.6470 0.4292

11 33.7 54.55 59.00 69.84 8,5.57

4

TABLE 1-b

Static Orifice Location
xlc

Chord 1 2 3 4 5

.078 .069 .082 .068 .207
,

.126 .128 .132 .115 .256

.202 .253 .210 .198 .302

.252 .304 .788 .256 .354

.302 .351 .852 .304 .458

.351 .453 .902 .355 .556

.451 .504 .951 .454 .607

.552 .553 .503 .658

.603 .604 .553 .707

•652 .653 .604 .798

.699 .703 .654

.781 .769 .703

.851 .897 .775

.900 .858

.950 .904

.953

C,m 1.1536 0.8649 0.8015 0.6535 0.4351

11 33.26 54.11 58.69 69.37 85.14

. TABLE 2

Accelerometer Coordinates

Acc xlc 11 c,m

1 .2738 .0307 1.5724

2 .2727 .4038 1.0549

3 .7012 .4032 1.0558

4 .2724 .6014 0.7813

5 .7020 .6018 0.7808

6 .2739 .7213 0.6153

7 .7036 •7193 0.6181

8 .2847 .8905 0.3810

9 .7067 .8913 0.3799

...

..

..
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and hydraulic drive
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Model support
system.

Fi g. 3

CONFI GURAT ION

AIRFOIL - CIRCULAR ARC
tic = D.06
SWEEP ANGLE =10.45°
AREA = 1.055 m
SEMI-SPAN = 1.143 m
ROOT CHORD = I. 614 m
TIP CHORD = 0.229 m
PANEL ASPECT RATIO = 1.242
MAC=I.0951m
TAPER RATIO = 0.14254.6

33. 7

HINGE LINE '10 CHORD
-15

I---====::::E::::~-r-t-80

..

56.6 82.9

Fig. Clipped Delta Wing

M= 0.90
a=zO

BAILEY - BALLHAUS

TRANSONI CSMALL 0ISTURBANCE

[Il-M}I<I>,-(~)Moon <I>,2+ 112Iy -31M} <1>/] ,
+ [<I>y-lY -llM}<I>,<I>y] + [<1>,] =0

Y ,

n = 1.75

Fig. 4 Upper surface pressure distribution.

Fig. 2 Model and splitter plate mounted on
side wa 11 in TDT.
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