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Abstract 

Transonic steady and unsteady aerodynamic 
data were measured on a large elastic wing in 
the NASA Langley Transonic Dynamics Tunnel. The 
wing had a supercritical airfoil shape and a 
1 eadi ng-edge sweepback of 28.8°. The wi ng was 
hea vlly instrumented to measure both stat ic and 
dynamic pressures and deflections. A hydrauli­
cally driven outboard control surface was 
osci 11 ated to generate unsteady ai rl oads on the 
wing. Representative" results from the wind 
tunnel tests are presented and discussed, and 
the unexpected occurrence of an unusual dynamic 
wing instability. which was sensitive to angle 
of attack. is reported. 
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Nomenclature 

pressure coefficient 
frequency of osci llati ng control 
surface, Uertz 
Hertz, cycles/second 
free-stream Mach number 
free-stream dynamic pressure, psf 
chordw1se location, 
fraction of local chord 
wing root angle of attack, degrees 
(positive leading edge up) 
amplitude of control surface 
oscillation, degrees 
mean control surface deflection angle, 
degrees (positive leading edge up) 
lifting pressure coefficient (positive 
up) 
spanwise location, fraction of semi-span 

I nt roduct i on 

For the past decade the NASA Langley 
Research Center has pursued a program of 
unsteady pressure. measurements on essentially 
rigid wing models for the purpose of evaluating 
computational transonic aerodynamic codes, and 
three such models have been tested 1n the 
Transonic Dynamics Tunnel (TOT). These rigid' 
large wing configurations ,included a clip'ped 
delta wing with a circular arc airfoil. 1 a 
high-as~ect-ratio wing with a supercritical 
airfoil and a rectangular wing with a super­
critical airfol1. 3 All of these wings were made 
rigid to minimize dynamic structural effects and 
thereby simplify correlation with the computa­
tional results. Real airplane wings are elastic 

structures, however, and it is desirable to test 
an e 1 ast i c wi ng model to assess the accuracy of 
transonic computer codes for predicting the 
aeroelastic response of wings, including 
flutter. 

A delay in the' NASA program, Drones for 
Aerodynamic and Structural Testing (DAST),4 made 
the second Aeroelastie Research Wing. ARW-2, 
available for testing in the Langley TOT. This 
elastic wing configuration had a 10.3 aspect 
ratio, a leading-edge sweepback angle of 28.8° 
and a supercritical airfoil. The wing had a 
hydraulically driven outboard trailing-edge 
control surface and was instrumented with 
unsteady pressure gaugl~s. The primary purpose 
of these tests was to obtai n unsteady pressure 
measurements on an elastic wing. Secondary 
object i ves were to provide an early assessment 
of the wi ng aeroelastic stabil ity over a wide 
range of ang'les of attack and to provide wind 
tunnel data for comparison with planned flight 
test data. 

This paper presents some· representative 
results from the elastic wing tests in which the 
outboard control surface was used to generate 
unsteady pressures. Wind tunnel Mach numbers 
varied from 0.60 to 0.90 at dynamic pressures 
from less than 50 to over 300 pounds per square 
foot (psf). Model parameters investigated 
include wing angle of attack, control surface 
mean angle, and control surface oscillation 
amplitude and frequency. 

Wind Tunnel Model 

General 

The elastic semi~span wing used in the 
present study is the DAST ARW-2 right wing 
panel. A half-body fuselage was used to simulate 
the drone fuselage. Th is' fuselage had shorter 
nose and tail sections than does the drone 
fuselage since no supE!rsonic tests were to be 
made. The center sect ion of the fuselage was 
similar to the actual dr.one fuselage in both 
diameter and wing location to generate the 
proper ai rfl ow over the inboard sect 1.on of the 
wing. Both the fuselage and the wing, were 
mounted on a remotely controlled turntable 
mechanism located on the tunnel sidewall. 
Figure .1 shows the win!) and fuselage configura­
tion mounted in the wind tunnel. 

Geometry 

The wing planform and instrumentation 
locations are shown in Figure 2. The wing. had 
an aspect ratio of 10.3 with a leading-edge 
sweep angle of 28.8°. The wing was equipped 
with three hydraulically driven control sur-
faces, two inboard and one outboard. The 
inboard surfaces were held fixed at 0° 
deflection and only the outboard surface was 



deflected statically and dynamically. The out­
board surface hinge line was located at 77 
percent of local ~hord. 

The wing contour was formed from three 
different supercritical airfoils. These three 
airfoils were located at the following spanwise 
wing stations: the wing-fuselage junction 
(n= 0.071), the wing planform break (n = 0.426) 
and the wing tip (n = 1.000) and had thickness­
to-chord rat i os of 0.15. 0.12 and 0.11. respec­
t; vely. The three supercritical airfoil shapes 
and wing twist were defined for the design 
cruise condition and are described in ref. 5. 
Straight line interpolation along constant per­
cent chords was used to define the wing contour 
between these three airfoil sections. The wing 
construction jig shape was then derived from the 
defined cruise shape. the corresponding loading 
conditions and the flexibility of the wing 
structure. 

Instrumentation 

The locations of the wing instrumentation 
are shown in Figure 2. The instrumentation 
consisted of 191 pressure transducers and 10 
accelerometers. In addition, strain gauges were 
located near the wi ng root to measure bendi ng 
moments. Different fa1 pressure gauges were 
mounted in each supply line to the hydraulic 
actuators of each control surface to measure 
hinge moments. Small potentiometers were used 
to measure the control surface angular displace­
ment. The model angle of attack was measured by 
a servo accelerometer that was mounted near the 
wi ng root. Both steady and unsteady pressures 
were obtained using differential pressure trans­
ducers referenced to the tunnel's static pres­
sure. Streamwise rows of upper and lower 
surface pressure orifices were located at six 
span stations. The orifice rows were located at 
n = 0.274, 0.476, 0.599, 0.707, 0.871 and 
0.972. The fifth row at n = 0.871 lies along 
the mid-span of the outboard control surface. 
A 11 of these surface orifices were connected to 
pressure transducers by matched tubes having an 
inner di ameter of 0.020 inch and a length of 18 
inches. In order to determine the tube transfer 
funct ions needed to correct the unsteady pres­
sure data from these matched-tube transducers. 
simultaneous measurements were also obtained 
from a row of in situ transducers mounted on the 
wi ng upper surface parallel to the fifth row of 
surface orifices. Dynamic wing deflections were 
determined using the 10 accelerometers. 

Wind Tunnel 

The Langley Transonic Dynamics Tunnel (TOT) 
is a closed-circuit continuous-flow tunnel which 
has a 16-foot square test section with slots in 
all four wall s. Mach number and dynamic pres­
sure can be varied simultaneously, or indepen­
dently. with either air or Freon as a test 
medium. Freon was used for the majority of 
tests of the investigation. 

Data Acquisition and AnalysiS 

Data from the model instrumentation were 
acquired using the TOT real-time data acqu1s1-
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tion system. 6 The pressure data were acquired 
using the electronically scanned pressure (ESP) 
system. 7 The ESP system is a sequential, digf­
ta 1 pressure samp 1 i ng system equ iva 1 ent to a 
mechanical scani-valve. All data were digitized 
1n real-time at 250 samples per second and 
written on magnetic tape for later analysis. 
Static pressures were measured by all 191 pres­
sure transducers. Each pressure signal was 
averaged for 0.3 seconds to acquire its mean 
value. 

Dynamic pressure time histories for the 
three outboard rows of surface orifices and 
accelerometer time histories were recorded for a 
minimum of 50 cycles of control surface oscilla­
tion. Discrete Fourier transforms of these time 
histories then provided the magnitude and phase 
angle at the frequency of the oscillating 
control surface for each transducer and acceler­
ometer. All phase angles are relative to the 
position of the oscillating control surface. 

Wi ng bendi ng moments were measured for all 
cases where static pressures were recorded. The 
bending gauge measurements were averaged for 0.3 
seconds to obtain a mean value for wing bending 
moment for each gauge. 

The control surface static hinge moments 
were measured using two pressure gauges 
installed in each of the two hydraulic supply 
1 i nes to the actuator. 2 The mea n va 1 ue of the 
differential pressure between the two gauges is 
directly related to the control surface hinge 
moment. To obtain quasi-steady hinge moments, 
the control surface was oscillated at a low 
frequency of 0.5 Hz and amp li tude. 6d. of 10 

to eliminate the influence of high friction 
loads created by the internal seal of the 
actuator. The resulting differential signal was 
averaged for 10 seconds to acquire a mean value 
for the hi nge moment. 

Test Results and Discussion 

Steaqy and unsteady pressures were measured 
for a large number of test conditions in the 
TOT us i ng Freon as a test med i um. The test 
conditions at which pressure data were taken 1s 
shown 1n Figure 3. Data were taken at Mach num­
bers of 0.6, 0.7. 0.8, 0.85 and 0.88 and at 
dynamic pressures of 100, 200 and 300 pounds per 
square foot (psf). At each tunnel condition 
static pressure data were taken for wing angles 
of attack of -2 to 4 degrees for the control 
surface undeflected (6, = 0°). Some of the 
high angle of attack va~ues were eliminated at 
the higher dynamic pressures due to maximum 
bending moment restrictions imposed on the 
wi ng. F or wi ng ang1 es of attack of 0 and 2 
degrees the control surface static deflection. 
Om. was varied from -8 to 8 degrees. 
Unsteady pressure data was taken at wi ng ang1 es 
of attack of 0 and 2 degrees for control surface 
oscillation amplitudes of 6d equal to 1, 2 and 
3 degrees and frequencies of 5, 15 and 20 Hz. 

Steady Pressure Results 

Span Effects: Figure 4 shows the steady 
chordwise pressure d1stribut ion at the six span 



stations near the design cruise ,conditJpn (M '" 
0.13. a " 2°. q '" 100 psf and om '" 0). The 
data show that a shock is present on the upper 
surface of the wing and the shock location 
varies with span. The steady shock location. in 
terms of 1 oca 1 chord. moves aft between 27 and 
87 percent span then IOOves forward between 87 
and 97 percent span. 

Mach Number Effects: Fi gure 5 shows the 
steady pressure aistributions at the 87 percent 
span station for five Mach numbers for 2° angle 
of attack. a dynamic pressure of 100 psf and an 
outboard mean control surface deflect ion, 0nv 
of 0°. As Mach number increases. a shock can be 
seen to ha ve formed near 30 percent chord at a 
Mach number equal to 0.80 and to IOOve aft to 
about 70 percent chord at a Mach number equal to 
0.88. Attached flow is 1 ndi cated at all Mach 
numbers except at cl Mach number of 0.88 where 
the pressure distribution indicates that there 
1s flow separation on the,upper surface near the 
tv'ail i ng edge. 

Angle of Attack Effects: The variation of 
the steady 11ft i ng pressure with angle of attack 
at Mach number of 0.80 and dynamic pressure of 
100 psf is shown in Fi gure 6 for the 87 percent 
span stat ion. The shock develops and IOOves 
aft as the angle of attack increases from -2 to 
4 degrees. 

Unsteady Pressure RE!Sults 

Mach Number Effects: Fi gure 7 shows the 
variation of the unsteady lifting pressure 
distribution with Mach number at the 87 percent 
span station. The outboard control surface was 
oscillated with an amplitude tSd " 1° about a 
mean deflection of om '" 0° at 15 Hz. The 
magnitude and phase components of the unsteady 
lifting pressure are plotted versus percent 
chord. F or a 11 Mach numbers a peak 1 n the 
pressure magnitude occurs just forward of the 
control surface hinge line location. An 
additional peak 1n the magnitude can be seen to 
occur at the mean shock location for Mach 
numbers 0.70 to 0.85 (see Figure 5). This peak 
is probably caused by the shock lOOt i on generated 
by the oscillatory control surface motion. The 
mean shock 10cat 1 on can be seen to IOOve aft with 
increasing Mach number. The mean shock peak and 
control hinge line peak appear to merge at a 
Mach number of 0.85. The peak in the pressure 
magnitude near the control surface hi nge li ne 
increases with i ncreas i ng Mach number through 
Mach number of 0.85, but then drops to the 
lowest va 1 ue at Mach number of 0.88. . In 
addition, no rrean shock peak can be seen in the 
pressure magnitude at a Mach number of 0.88. 
These phenomena may be attributable either to 
the flow separation which occurs in the trailing 
edge regi on of the wi ng at a Mach· number of 
0.88, or to the transducers being too far apart 
near the hi nge 11 ne to show the ex; stance of a 
peak. 

Frequency Effects: Figure 8 shows the 
variation of the unsteady lifting pressure with 
osci 11 at i on frequency at the 87 percent span 
station. At the - upper surface mean shock 
location the magnitude of the unsteady pressure 
increases wi th i ncreas; ng frequency from 5 to 20 
Hz except at 10 Hz. The magnitude peak for the _ 
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10 Hz oscl1lation 1s rruch greater than that for 
the other frequencies, probably because this 10 
Hz frequency was very c'J ose to the wi ng fi rst 
bending frequency of 8.3 Hz (wind-off). 

Wing Deflections 

For rigid wing pressure studies, the 
assumption is made that the wing does not 
deform, and therefore only the measured pressure 
distributions i3re needed. In contrast, for 
elastic wing pressure studies, the above 
assumption is not true. Therefore both the 
measured pressure distributions and the 
correspond; ng measured dleformed wi ng shape are 
needed to defi ne the aerodynami c loadi ng 
characteristics for a given wing configuration. 

In the pr€!sent study a technique known as 
stereophotogrammetry was gused to measure the 
static wing deflections. Due to the large 
amount of labor required to read the photos and 
analyze the data, thE! stereophotograrnmetry 
deflection results are not available at this 
time. However, during these tests some 
deflection measurements of the wing tip were 
made us1 ng a cathetometer' instrument focused on 
a straight linE! drawn on the tip of the wing. 
Both vertical deflections and angular 
defl ect ions of the wi ng tip were measured at 
selected test points. Illustrative results of 
these wi ng tip defl ect ion measurements at a Mach 
number of 0.80 and an angle of attack of 0° are 
shown in Fi gure 9. The vari at i on of the wi ng 
tip vertical deflection w'lth dynamic pressure is 
presented in Fi~Jure 9(a) and the associated wing 
tip twist anglE! is presented in Figure 9{b). 
Clearly, the elastic wing exhibits Significant 
nonlinear tip deflections, with vertical 
defl ect ions of over 4 inches and a negat i ve t f P 
twi st of over 3 degrees occurri ng at the hi gher 
dynamic preSSUrE!s. 

The present study used select he ly spaced 
accelerometers mounted on the wing to obtain 
dynamic wing deflections for all wing tests of 
forced oscillatory motion. A discrete Fourier 
analysiS was performed on each accelerometer 
signal at the known frequency of oscillation to 
obtain the amplitude of acceleration which was 
then integrated twice to ()btain magnitude of the 
motion at the corresponding wing location. 

Figure 10 shows the wing deflection IOOde 
shape deri ved from the c1lccelerometer data for 
the cases shown in Fi gure 8. The. vert 1 ca 1 
deflection at the elastic axis is plotted for 
-four oscillation frequenc'les. The elastic axis 
is located midway between the accelerometers 
shown 1n Figure 2. As mentioned, at excitation 
frequencies near 10 Hz the coupling of the 
forcing function frequency with the wing's first 
bend; ng mode caused 1 arge dynami c wi ng 
deflections. Testing at 10 Hz was therefore 
discontinued after tests (It only a few wing and 
tunnel conditions. • 

Wing Instabilitt 

An unusual wing instability; similar to 
wi ng fi rst bendi ng lOOt i on, was encountered at 
the beginning of these tests. The occurrence of 



the instability was surprising at the low 
dynamic pressures of about 100 pounds per square 
foot where it was f1 rst encountered at a Mach 
number of above 0.90. This instability genera­
ted much interest as to its character and the 
boundary was determined for a wing angle of 
attack of 0° within the wind tunnel limits as 
shown in Figure 11. Also. shown in Figure 11 as 
a so 11 d 1 i ne. is the pred1 cted 11 near theory 
(doublet lattice) flutter boundary for compari­
son with the much lower Qynamic pressures of the 
measured instability boundary. The measured 
boundary was determined using a familiar subcr1 9 tical response technique known as peak-hold. 
Although the peak-hold results show a definite 
i ndi cat i on of 1 nstability onset. hard i nstabil­
ity (zero dampi ng) poi nts were avoided for fear 
of damaging the model and thereby risking both 
the unsteady pressure tests and the DAST fl1 ght 
test program. An exception to this policy was 
the very lowest dynamic pressure point on the 
boundary where a hard instability was obtained 
at a Mach number of 0.895 and with a slight 
increase in Mach number to 0.900 the wing became 
stable. This exercise was performed to estab­
lish that the test conditions at this point were 
at or near the boundary mi nimum. The boundary 
occurs at a nearly constant Mach number of 0.90 
beginning at a low Qynam1c pressure of about 50 
psf and rising near vertically to over 300 psf. 
At this time. no adequate explanation can be 
given for the higher Mach number variation 1n 
the boundary near 100 psf. The observed wing 
motion during the instability was similar to the 
wing first bending mode. the frequency of which 
was measured to be 8.3 Hz 1 n the wi nd-off model 
vi brat i on tests. The i nstabil ity frequency was 
8.6 Hz at the lowest dynamic pressure poi nt and 
increased with Qynam1c pressure to about 13 Hz 
at the highest dynamic pressure point. It is 
interesting to note that the predicted flutter 
frequency was 24.3 Hz at a Mach number of 0.80. 

Because of much recent interest in angle of 
attack effects gnd shock induced effects on wing 
instabilities,l several additional tests were 
made which included variation of the wing angle 
of attack as the boundary was approached, com­
pari son of a1 r and Freon 1 nstabi 1 ity boundaries 
and comparison of the boundaries with and with­
out a transition strip near the wing leading 
edge. The instability was found to be sensitive 
to variation 1n angle of attack and, generally. 
the mi n1 mum dampi ng occurred at or near zero 
angle of attack. In Figure 11 the solid symbol 
indicates the Mach number and dynamic pressure 
where the comparison tests were made. The 
results showed no significant difference in the 
i nstabil ity boundary for tests in ai r or Freon. 
There were also no significant differences for 
tests in Freon with or without a transition 
strip. 

Wing Bending Moments 

Stat ic wing bend; ng moments were measured 
for a wide variety of conditions. For a given 
Mach number and dynamic pressure the wi ng bend­
i ng moments were measured as the wi ng angle of 
attack was varied from -2 to 4 degrees. The 
result of these measurements for a Mach number 
of 0.80 is shown in Figure 12 where the bending 
moment variation with wing angle of attack 1s 
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shown for several values of dynamic pressure. 
The bendi n9 moments essent i ally vary 11 nearly 
with angle of attack. but are not 11 near with 
variations 1n dynamic pressure. This nonlinear­
ity 1s due to the loss of lift at the wing tip 
resulting from the negative tip twist which 
occurred with increasing dynamic pressure as 
shown in Figure 9(b). The bending moment shows 
essentially no variation with dynamic pressure 
near _2.0° angle of attack. 

Control Surface Hinge Moments 

Measured static control surface hinge 
moments for a Mach number of 0.80 and zero angle 
of attack are presented in Figure 13. The 
results are shown 1n terms of hinge moment 
variation with control surface angle for several 
values of dynamic pressure. The overall results 
appear to be reasonably linear over the range of 
test parameters a 1 though some scatter in the 
data can be observed. 

Concluding Remarks 

Steady and unsteady pressures were measured 
on an. elastic high aspect ratio supercritical 
wing. An outboard trailing-edge control surface 
was oscillated at various ampl itudes and fre­
quencies to obtain unsteady data. The data were 
acquired for a wide range of test conditions 
which included variations in Mach number from 
0.60 to 0.90, Qynamic pressure from less than 50 
to over 300 psf, wing angle of attack from -2 to 
4 degrees, control surface mean angle from -8 to 
8 degrees and control surface oscillation ampli­
tudes of 1, 2 and 3 degrees at frequencies of 5, 
10. 15 and 20 Hz. Static and dynamic wing 
deflections were also measured. In addition. 
static wing bending moments and static control 
surface hinge moments were measured. 

An unusual wing instability was found to 
exist in the wind tunnel at much lower dynamic 
pressure values than those of the predicted 
flutter boundary_ This wing instability 
boundary was well defined and occurred at a 
nearly constant Mach number of about 0.90 and 
varied in Qynamic pressure from below 50 psf to 
above 300 psf. The frequency of this wing 
1 nstabl1 ity ranged from about 8.6 Hz at the 
mi n1 mum dynamic pressure to about 13 Hz at the 
maximum Qynamic pressure. The wing instability 
mot 1 on was domi nated by the wi ng ff rst bend; ng 
mode which had a measured frequency of 8.3 Hz 
during the ground vibration tests. The insta­
bility was found to be sensitive to angle of 
attack. with minimum damping occurring near zero 
degrees. Comparison tests conducted in air and 
Freon showed no Significant difference in the 
instability boundary. Tests in Freon with and 
without a transition strip also showed no 
significant differences. 
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