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Abstract

Unsteady transonmic flow calculattions are
presented for wing-fuselage configurations.
Calculations are performed by extending the
XTRAN3S (Vversion 1.5) unsteady transonic small-
disturbance code to allow the treatment of a
fuselage. The research was conducted as part
of a larger effort directed toward developing
the capability to treat a complete flight
vehicle. Details of the XTRAN3S fuselage
modeling are discussed in the context of the
small-disturbance equation. Transomic calcula-
tions are presented for three wing-fuselage
configurations with leading edge sweep angles
ranging from 0° to 46.76°, the results of which
compare well with available experimental steady
pressure data. Unsteady calculations are
performed for simple bending and torsion modal
oscillations of the wing. Comparisons of sec-
tional 1ift and moment coefficients for the
wing-alone and wing-fuselage cases reveal
effects of fuselage aerodynamic 1interference on
the unsteady wing loading. Tabulated general-
1zed aerodynamic forces typically wused 1n
flutter analyses, indicate small changes in the
real (in-phase) component and as much as a 30%
change 1n the 1maginary (out-of-phase) component
when the fuselage 1s 1ncluded in the calcula-
tion, These changes result in a 2 to 6%
increase 1n total magnitude and a several degree
increase 1n phase,

Nomenclature
Ajj generalized aerodynamic force

resulting from pressure induced by mode
J acting through displacements of mode i

AR full-span aspect ratio

c airfoil chord

Cy sectional 11ft coefficient

m sectional pitching moment coefficient
about local midchord

Cr wing reference chord

CE pressure coefficient

Cp critical pressure coefficient

f function defining instantaneous position
of wing

F function defining instantaneous position
of fuselage

F fuselage fineness ratio

k reduced frequency, wcp/2U

L fuselage length

M freestream Mach number

n unit vector outward normal to surface of
fuselage

R taper ratio

time, nondimensionalized by freestream
velocity and wing reference chord
freestream velocity

< -

X,¥,z nondimenstonal Cartesian coordinates in
streamwise, spanwise, and vertical
directions, respectively

a angle of attack

Y ratio of specific heats

At nondimensional time step

A sweep angle of wing leading edge
n fractional semispan

g,n,z transformed nondimensional coordinates
n x, y, and z directions, respectively

) disturbance velocity potential

w angular frequency

Subscripts

comp computational

F fuselage

J index of grid points 1n spanwise
direction

Js index of grid point adjacent to side

boundary of computational fuselage
surface (see F1g. 2(a))

k index of grid points in vertical
direction
kp index of grid point just below bottom

boundary of computational fuselage
surface (see Fig., 2(a))

ke index of grid point just above top
boundary of computational fuselage
surface (see Fig. 2(a))

W wing

Introduction

Computational methods for predicting flow
fields about wing-fuselage and multiple
component configurations have been developed
over recent years (see Refs. 1-9, for example).
Techniques based on the doublet lattice method
and the method of images have been reported by
Glesing, Kalman, and Rodden! for calculating
steady and oscillatory aerodynamics for
interfering wings and bodies. Computer programs
based on ganel methods such as that developed by
Woodward,%>% may be used for analyzing wing-
body-tail configurations. More recently,
computer programs such as PANAIR® have been
developed for the analysis of complete flight
vehicles. The underlying linear theory on which
these methods are based, though, restricts the
applications to subsonic and supersonic flows.

At transonic speeds, finite-difference
methods are generally employed for the
computation of transonic flows about wing-
fuselage configurations, In the context of the
transonic small-disturbance (TSD) equatfon, for
example, Bavley and Ballhaus® calculated the
transonic flow about nonlifting wing-cylinder
combinations using a relaxation method. Steady
pressure distributions were presented for a 30°
swept wing on straight and area-ruled cylinders.
Klunker and Newman® reported steady pressure
results for a 1ifting wing centrally mounted on
a cylindrical body. A coordinate transformation
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simplified the fuselage flow-tangency boundary
condition and line relaxation was used to solve
the TSD equation. Bailey and Ballhaus’
continued their work of Ref. 5 to treat
nonlifting wings mounted on finite length
fuselages. The computed results compared well
with experimental data for both rectangular and
swept wing-fuselage configurations at transonic
Mach numbers. Boppe8 extended these relaxation
methods to compute transonic flows about
realistic wing-fuselage configurations using a
grid embedding technique. The method can treat
configurations with arbitrary fuselage shapes
since details of the flow are resolved using a
locally embedded fine grid. In Ref. 8, steady
transonic calculations for several wing-fuselage
configurations showed excellent agreement with
experimental data. Boppe and Stern?® have
extended the method of Ref. 8 to treat fairly
complex aircraft configurations by 1ncluding
nacelles, pylons, and winglets n the analysis.

Although the finmite-difference methods
based on the TSD equation are applicable to
transonic wing-fuselage cases, the solution
techniques are restricted to steady flows.
Solutions for unsteady transonic flow fields
have recently been made $oss1ble Jsing computer
codes such as XTRAN3S.! The XTRAN3S unsteady
TSD code was developed by the Boeing Military
Airplane Company (BMAC) under USAF contract and
1s the most fully developed U.S. code for
transonic aeroelastic analysis ot isolated
planar wings. Because of the need to be able to
perform aerocelastic analyses for complete
aircraft configurations, XTRAN3S 1s being
modified to enable treatment of the additional
aircraft components such as the fuselage,
canard, tail, pylons, nacelles, stores, and

control surfaces. These modifications to
XTRAN3S are being developed under a cooperative
agreement between AFWAL, NASA/Langley,

NASA/Ames, and BMAC. The capability to treat
multiple lifting surface configurations such as
closely-coupled canard-wing and wing-tatl
geometries has already been developed and
reported by the author, ! A wing-tip store
modeling capability has also recently been
implemented by Guruswamy, Goorjian, and Tu.

The purpose of the present paper 1s to
present the development of the  XTRAN3S
wing-fuselage capability for predicting
transonic  unsteady aerodynamic loads for
aeroelastic applications. The objectives of the
research were to (1) modify the XTRAN3S code
to allow the treatment of a fuselage; (2)
validate the method by making comparisons with
available experimental data, and (3) investigate
and demonstrate the effects of fuselage
aerodynamic 1interference on transonic pressures
and forces on the wing. 1In this study steady
calculations were performed for three
wing-fuselage configurations to assess the
fuselage treatment by making comparisons with
experimental data. Unsteady calculations were
performed for a transport-type wing-fuselage to
demonstrate application to aeroelastic
problems. The paper presents & detailed
description of the  XTRAN3S wing-fuselage
modeling along with the results and comparisons
which assess the new capability.

Computational Procedures

In this section, Version 1.5!3 of the
XTRAN3S transonic code 1s briefly described., A
detailed discussion of fuselage modeling and the
development of the XTRAN3S wing-fuselage
capability are also given.

XTRAN3S Transonic Code

The XTRAN3S code provides a time-accurate
finite-difference solution to the nonlinear,
small-disturbance, potential equation for
transonic flow. The code can be used to
calculate steady and unsteady transonic flow
fields about planar wings including aeroelastic
deformation effects. The program is capable of
treating either forced harmonic or aeroelastic
transient type motions, A time-accurate
alternating-direction mplicit (ADI) finite-
difference algorithm 1s used to solve the
modified transonic small-disturbance equation

Mooy + 20,0, = [(1 - WD)e, + AZ + BoZ],
+ (o + Coa ) + (o), (1)

where x, y, and z are the nondimensional
physical  coordinates 1n the streamwise,
spanwise, and vertical directions, respectively.
Several chofces are available for the
coefficients A, B, and C depending upon the
assumptions used in deriving the TSD equation.

In this study, the coefficients are defined as

A = -%( + 1M (2a)
B =3 (v - 3 (2b)
C = -(y - 142 (2¢)

Boundary Conditions

Boundary conditions imposed upon the flow
field are

Far upstream, ¢ =0 (3a)
Far downstream- o + 9 =0 (3b)
Far above and below: ¢, =0 (3c)
Far spanwise: fy =0 (3d)
Symmetry plane: fy =0 (3e)
Trailing wake: [o,] =0 (3f)

(6, + o] =0 (39)

where [ ] indicates the jump 1n the 1ndicated
quantity across the wake, The wing flow-




tangency boundary condition 1s

. = f_+ f (4)
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which 15 imposed at the mean plane of the wing.

Coordinate Transformation

The fimte-difference grids 1in both the
physical and computational demains are contained
within rectangular regrons -~d conform to the
wing planform. Regions 1n the physical
domain such as the swept and/or tapered wing are
mapped into  rectangular regiors . the

computational domain using the shearing
transformation
E=E(x,y), n=y, g=12 (5)

where g, n, and ¢ are the nondimensional
computational coordinates 1n the streamwise,
spanwise, and vertical directions, respectively.
The TSD equation (Eq. (1)) may then be expressed
1n computational coordinates as

223 1 _3 rqm? 2,2
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Fuselage Modeling

In this study, the ANI solution procedure
of the XTRAN3S code has been extended to aliow
the treatment of a fuvselage, A discussion of
fuselage modeling 1n small-disturbance codes and
the development cof the XTRAN3S wing-fuselade
capability follow.

General Discussion. - For a fuselage at
angle of attack af with unit normal vector n =
(nx, ny, nz), the small-disturbance fuselage
flow-tangency boundary condition may be written
as

R N I (7)

where ¢, 1s the velocity normal to the
surface. This boundary condition may be
implemented 1n several different ways. For
example, Eq. (7) may be imposed at boundary grid
points 1dentified to be 1n clese proximty to
the fuselage surface as done by Railey and
Ballhaus.’ This method requires that a
Cartesian grid be constructed such that points
T1e very close to the fuselage surface. This
requirement 1s very restrictive, though, since
1t 1s difficult to construct such a grid

in a Cartesian domain., Furthermore, the user 1s
confronted with the same grid generation problem
for eech new confiquration to be analyzed. An
approacn 3s desired that treats the fuselage
with sufficient accuracy to obtain the correct
globa! effect on the flow field without the use
0° specral grids or complicated fuseiage
transformations.

Boppe? addressed the problem by 1imposing
the fusalage boundary condition on a constant
cross-section computational surface rather than
cn the true fuselage surface. The computational
surface extends from upstream 12{1inmity to
downstream 1nfin'iy, the cross-section of which
approximates the fuselage shape at the maximum
frselege diametler. This typically occurs 1n the
wing-fuselage junction region, The technique 1s
corsistent with the small-disturbance
approximation and since there 1s no requirement
to locate grid points close to the fuselage
surface, the method provides a ‘"hands-off"
representation for modelting wing-fuselage
confiqurations. Nbviously  though, there are
regions along  the fuselage where  the
computational surface does not coincide with the
true fuselage surface. This disparity s
accounted €or by correcting tne fuselage
boundary condition using slender body theory.

L further simplification to the
1malementation of Eq. (7) has been reported by
Mason, et al.*" 1n the user's manual for the
Bailer/Ballhaus code. In Ref. 14, a fixed
rectangular cross-section 1s wused for the
computational fuselage surface as shown 1n
Fig. 1, rather than a shape determined at the
maxvnuin fucelaqe alameter, The advantage of
*his treatment 1s the simplification to the
fuselage boundary condition (Eq. (7)) which
results. Alorg the side boundary of tne
rectangular computational surface, Eq. (7Y 1s
approximated by

¢, = F (8a)

and alorg the top and bottom boundaries, Eq. (7)
1s approximated by

9, = F_ - o (8b)

where Fy = -ny/ry and F; = -ny/nz.  These sim-
plified” fuselage boundary conditions are
analogous to the wing flow-tangency boundary
condition which 1s wmposed on the mean plane of
the wing rather than on the true wing surface.
To account for spattal differences between true
and computational fuselage surfaces, slender
body theory corrections 1identical to those of
Ref, 8 are applied, Separate corrections are
mmposed  for fuselage thickness and fuselage
1ncidence or angle of attack, which subsequently
medify the terms which appear on the rignt-hand
sides ot Eqs. (8). following FRef, 8, the
cvrection applied tu the fuselage thickness
tarms is derived by representing thickness by a
cLurce Jdistribuiion with strenach nroportional
to *he .ece of change of fu-eiage area. By
requring that tne net source strength across
“he (rue and conputational  surfaces  be
equiva’en- at a given cross-secticn, tre
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Fig. 1 Defimtion of arclengths on true and
computational fuselage surfaces.
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Fig. 2 Treatment of grid to impose fuselage
boundary conditions,

thickness terms Fy, and F; 1n Egs. (8) are
replaced by

A

ACF, (%)
AC

and
AC F (9b)
— 2z
AC

where AC and aC are arclengths of the true and
computational fuselage surfaces, respectively,
as graphically defined n Fig. 1. Similarly,
the correction applied to the fuselage
angle-of-attack term 1s derived by representing
angle of attack by a doublet distribution with
strength proportional to cross-sectional area.
By equating doublet strengths, the angle-of-
attack term in Eq. (8b) 1s replaced by

S(x) o (10)
5(x)

where S(x) and S(x) are the cross-sectionai
areas of the true and computational surfaces,
respectively. Note that 1f these boundaries
were to coincide, the original fuselage
thickness and angle-of-attack terms are
recovered since then aC = af and S = §.
including the slender body theory corrections,
the fuselage boundary conditions become !*

- - A
by = Byt b = CF (112)

along the side surface and

-4 3
=0t Fs . F (11b)

along the top and bottom surfaces.

Following Ref. 14, the boundary conditions
(Eqs. (11)) have been 1ncorporated 1n _an
implicit fimite-difference fashion. This
treatment of the fuselage wmposes the boundary
conditions directly within the ADI algorithm,
which 1s in contrast with an approximate
treatment using extrapolated differencing. The
cross-plane (y-z) finite-difference grid 1s
constructed so that the top, bottom, and side
boundaries of the computational fuselage surface
11e equidistantly between grid lines as shown 1n
F1g. 2(a). The planform (x-y) finite-difference
grid 1n the physical domain 1s constructed such
that the grid 1s unswept 1n the region of the
fuselage as shown 1n Fig. 2(b). Similar to the
Bailey/Ballhaus code, the grid 1s unswept
because of the 1mplicit treatment of the
fuselage side boundary condition. This
requirement results since ¢y in Eq. (11a)
becomes & g + ¢y 0 the computational
domain, the two terms of which are treated
separately in the ADI algorithm. In order to
retain only the spanwise term ¢,, the grid is
unswept so that by = 0 and the streamwise term
vanishes.




In this study, the wing-fuselage grid
typically contained 78 x 21 x 44 points in the
X, ¥, and z directions, respectively. for a
total of 72,072 grid points, This grid 1s
considered to be coarse for such applications
but reasonably adequate for demonstration
purposes,

Top and Bottom Boundary Conditions. - The
fuselage top and bottom boundary conditions are
directly imposed within the differencing of the
3(¢7)/3; term 1n the TSD equation (Eq. (6)).
This term 1s generally treated as

a(¢) . 2 (¢ - ¢ ) (12)
g C KT Qa1 - Skp ktl/2 %-1/2

where the derivatives on the right-hand side are
written about half-node points. At grid points
not 1nvolving the fuselage top and bottom
boundary conditions, central-difference formulae
are employed for these derivatives. At grmd
points Just above the top boundary of the com-
putational fuselage surface (ie., k = k¢ and 3
< Js» as shown n Fig, 2(a)), the formula for
the ¢Ck-1/2 derivative 1n Eq. (12) 1s re-

placed by the fuselage top boundary condition
(Eq. (11b)). At grid points Just below the
bottom boundary of the computational fuselage
surface (1e., k = kp and 3 < Jss» as Shown 1n
Fig. 2(a)), the formula for the ¢Ck+1/2

derivative 1n Eq. (12) 1s replaced by the
fuselage bottom boundary condition (Eq. (11b)).

Side Boundary Condition. - The fuselage
side boundary condition 1is directly 1mposed
within the differencing of the 3(¢,)/3n term
as well as all of the single-derivative-with-
respect-to-n terms in the TSD equation (Eq.
(6)). The second-derivative term 1is generally
treated as

3 (¢ ) 2 (¢ - ¢ )y (13)
—''n’y = n n
an Ml T "o J+1/2 J-1/2

where the derivatives on the right-hand side are
written about half-node points. At grid points
not 1nvolving the fuselage side boundary
condition, central-difference formulae are
employed for these derivatives. At grid points
adjacent to the side boundary of the com-
putational fuselage surface (ve., 3 = Jg and
khy < k < ki, as shown 1n Fig. 2(a)), the
formula for the ¢ derivative in Eq. (13)

ny.
1s replaced by thg uselage side boundary con-
dition (Eq. (11la)). The single-derivative-with-
respect-to-n terms are generally treated using
central-difference operators of the form

g_nw)j n_}n_um ¢.y) (14)
J+1 J-1

where the terms on the right-hand side are

written at full-node points. These operators

must be modified at grid points adjacent to the

side boundary because they contain potentials

$3-.1> which lie 1nside the computational
fuselage surface. Equation (14) may be
rewritten, though, as a weighted average of
n-deryvatives at the half-node points as

3 (¢) et e RS
J = - ) ™n + ( ) *n
an N1ty 912 MmNy 9-1/2

(15)

Therefore, at grid points adjacent to the side
boundary of the computational fuselage surface,
the ¢, derivatives are replaced by Eq.
(11a). 3-1/2 )

The XTRAN3S code now 1s capable of
computing unsteady transonic flow fields about
wing-fuselage configurations. The capability
can treat wings that are high, 1low, or
mid-mounted, although all of the results
presented are for mid-mounted configurations,
The fuselage modeling 1s also general enough to
treat fairly arbitrary fuselage cross-sections,
although the present results were obtained for
fuselages with circular cross-sections. The
formulation can easily treat more complex
geometries, since the construction of the
finite-difference grid and the treatment of the
fuselage boundary conditions remain the same,

Pressure Coefficient Calculations

The pressure coefficients on the upper and
lower surfaces of the wing are calculated using

Co = =200, + 8,) - (1 - W2)2 (16)

The second-order term 1n  the streamwise
direction has been retained 1n this study to
Improve accuracy and has been added to the
first-order formula already available within
XTRAN3S.,

The pressure coefficients on the surface of
the fuselage are computed using

. 2,,2
€y = <200 + 6,) - (1 - WE)2
2,2, 422, 2
- by - 6y + Mol + M g (17)

which includes all of the second-order terms.
Since grid Tines are not placed on the
boundaries of the computational fuselage
surface, the velocity potential 1s not directly
calculated there. The potential along the
surface 1s determined by using the boundary
conditions and assuming that the velocity
potential varies tinearly between the surface
and the adjacent grid Tine. This leads to
simple formulae for the determination of the
surface potential, On the top boundary of the
computational fuselage surface, for example, the
velocity potential 1s calculated using

1 C
fop T %, -7 (%, - th_l)(i_c F, - § a) (18)




Also, the derivatives in Eq. (17) must be
evaluated, not on the computational fuselage
surface where the velocity potential can be
calculated, but on the true fuselage surface,
Since the true and computational fuselage
surfaces do not generally coincide, the
derivatives on the true surface are, therefore,
determined using Taylor series expansions of the
derivatives, truncated to first-order. For the
true surface of the fuselage, for example, the
b term in Eq. (17) is calculated using

- N $ - 8z 4 (19)

XZ

¢ = $
XY comp comp

Xtrue xcomp

where Ay and Az are distances between the true
and computational surfaces in the y and z
directions, respectively.

Structural Modes

Unsteady  transonic  calculations were
performed for first bending and first torsion
modal oscillations of the wing, For
demonstration purposes, simple  polynomial
equations were assumed to describe the modes.
The wing was assumed to be rigidly attached to
the fuselage. The equation defining the first
bending mode shape was derived by further
assuming that the node line is perpendicular to
the wing midchord 1line at the root. The
resulting expression for the first bending mode
shape 1s given by

foo= (y-y,) [(X-%) SIn A, * (y-y,.) cos Ac/Z]
for y >y, (20)

where y, 1is the spanwise coordinate of the
wing root and Ac 1s the sweep angle of the
wing midchord line. The equation defining the
first torsion mode shape, derived by assuming
that the node 1line coincides with the wing
midchord 1ine, is given by

fo= (v-y,) [(X-;_-) cos Ay = (y-y.) sin A ,]
for y >y, (21)

Equations (20) and (21) were normalized to give
unit deflection and unit twist, respectively, at
the tip. The tip amplitude of the torsion mode
was selected as 1° and the amplitude of the
bending mode was calculated to be an equivalent
effective angle of attack using htip/U = 1°,

Results and Discussion

Configurations

Results are presented for the three wing-
fuselage configurations shown in Fig, 3. These
configurations were selected to assess the
fuselage treatment and verify the code
modifications to XTRAN3S by making comparisons
with the experimental steady pressure data of
Refs, 15-17. The first configuration (Fig.
3(a)) is the Wall Interference Model 15 tested at

the Arnold Engineering Development Center (AEDC)
(hereafter referred to as the AEDC wing-
fuselage) which consists of a rectangular-
planform wing that 1s centrally mounted on a
circular cross-section sting-body. As listed in
Fig. 3(a), the wing has a NACA 63A006 airfoll
section, a leading edge sweep angle of 0°, a
full-span aspect ratio of 3.56, and a taper
ratio of 1.0. The axisymmetric fuselage has a
fineness rat1o (length/maximum diameter) of
8.42. A more detailed description of the AEDC
wing-fuselage 1s reported in Ref. 15 along with
the experimental data. The second configuration
(F1g. 3(b)) 1s that of a transomc wing-
fuselage model tested in the NACA Langley 8-Foot
High Speed Tunnel.!®  The model, hereafter
referred to as the NACA wing-fuselage, consists
of a swept tapered wing that is centrally
mounted on an axisymmetric fuselage, As listed
in Fig. 3(b), the wing has a NACA 65A006 airfoil
section, a leading edge sweep angle of 46.76°,
an aspect ratio of 4.0, and a taper ratio of
0.6. The fuselage has circular cross-sections
and a basic fineness ratio of 12.0, The NACA
wing-fuselage geometry 1s further described 1n
Ref. 16. The third configuration, shown in

Wing
NACA 63A006 arrfoil
A=0, AR =135 TR=10
Fuselage
Axisymmetric body, F = 8,42

(a) AEDC.

Wing
NACA 65A006 airforl
A = 46,76°, AR = 4,0, TR = 0.6
Fuselage
Axisymmetric body, F = 12,0

e

(b) NACA.

Wing
RAE 101 airfoil
A = 36,65° AR =6.0, TR = 0,333

Fuselage
Axisymmetric body, F = 7.66

/ TN —

(c) RAE.

F1g. 3 Wing-fuselage configurations;




Fi1g. 3(c), 1s a transport-type wing-fuselage
model that was tested 1n the Royal Aircraft
Establishment (RAE) 8 ft., x 6 ft. Transon c Wind
Tunnel. This model (hereafter referred to as
the RAE wing-fuselage) 1s a standard
configuration of the AGARD Fluid Dynamics Panel
and consists of the RAE wing "A" in combination
with an axtsymmetric body.l As listed 1n Frg.
3(c), the wing of the RAE wing-fuselage has an
RAE 101 airfoll section, a leading edge sweep
angle of 36.65°, an aspect ratio of 6.0, and a
taper ratio of one-third, The fuselage has a
fineness ratio of 7.66 and a constant diameter
from 0.35 L to 1.0 L. The fuselage 1s mounted
to the sting using a short tapered section as
shown 1n F1g, 3(c). Although the stings for the
three wing-fuselage configurations are modeled
using XTRAN3S, the short tapered section con-
necting the fuselage of the RAE model to the
sting was not. This section was neglected to
minimize the cost of the calculations since
fewer gridpoints are required. Furthermore, no
experimental data was measured aft of 0.83 L on
the fuselage.

parallel calculations were also performed
for the NACA and RAE configurations without the
fuselages, to assess the effects of fuselage
aerodynamic 1nterference by making comparisons
with the wing-fuselage results. These wing-
alone calculations were performed for the
exposed wing planform, with a plane of symmetry
assumed at the wing root,

AEDC Wing-Fuselage

Steady transonic calculations were
performed for the AEDC wing-fuselage for
comparison with the experimental data of Ref.
15. The experimental steady pressure data was
measured at the midsemispan of the wing and the
fuselage symmetry plane only., Two cases were
considered to validate the XTRAN3S wing-fuselage
capability. The first case, Case 1 of Table 1,
was chosen to assess the XVRAN3S fuselage
thickness modeling by selecting zero mean angle
of attack for the wing and fuselage. This
produces a symmetric flow above and below the
wing-fuselage such that the upper and lower
surface pressures are 1dentical, The second
case, Case 2 of Table 1, was selected to assess
the fuselage angle-of-attack modeling. For both
cases, the time step was At = 0,05, and 800
steps were required for the solution to
converge.

Table 1 Wing-fuselage configurations and
computational conditions for transonic
aerodynamic analyses.

Wing-fuselage Case M O %

1 0.9 0°
AEDC

2 0.8 2.663°
NACA 3 0.93 2°

4 0.9, 0.91 0°
RAE

5 0.9, 0.91 1°

In Case 1, the freestream Mach number was
0.9 and oy = o = 0. Comparisons between
XTRAN3S and  experimental steady pressure
distributions are shown 1n Figs. 4(a) and 4(b)
for the wing and fuselage, respectively. For
the wing (Fig. 4(a)), the XTRAN3S pressures
compare well with the experimental data. There
1s a relatively strong shock wave on the upper
and lower surfaces near 65-70% chord, The
XTRAN3S comparison with experiment 1s typical
for a conservative i1nviscid TSD code 1n that the
calculated shocks are located slightly aft of
the experimental Tlocation and the post-shock
pressures are slightly overpredicted. For the
fuselage (Fig. 4{(b)), the symmetry plane
pressure distribution resembles that of the wing
1n the region of the wing location, and there 1s
a relatively strong shock wave on the fuselage
upper and lower surfaces near 0.66 L. The
XTRAN3S fuselage pressure distribution 1s 1n
good agreement with the experimental data, This

_ —— XTRAN3S
O Experiment - upper surface
-6 O Experiment - lower surface

(a) wing mdsemispan.

- 8 —— XTRAN3S

——— Linear theory’
- O Experiment - upper surface
0O Experiment - lower surface
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(b) fuselage symmetry plane.

Fig. 4 Comparison between XTRAN3S and experi-
mental steady pressure distributions on
the AEDC wing-fuselage at M = 0,9 and

a = o =0,




agreement is as good as that for the wing which
thus verifies the fuselage thickness modeling.
Also, linear theory results from Ref, 18,
computed using the Woodward? panel code, are
presented in Fig., 4(b) for further comparison.
The linear theory results compare well with the
experimental pressures except {in the wing
location region where transonic effects are
important.

In Case 2, the freestream Mach number was
0.8 and the experimental data was obtained at 2°
angle of attack. The calculations, though, were
performed at a corrected angle of attack of
2.663° to 1nclude the static deformation of the
sting under 1oad.'®  The wing midsemispan and
fuselage symmetry plane steady pressure
distributions are shown in Figs. 5(a) and 5(b),
respectively. For the wing (Fig. 5(a)), the
XTRAN3S pressures are in good general agreement
with the experimental data except for a slight

—— XTRAN3S
.2 O Experiment - upper surface
O Experiment - lower surface
.4 ] I 1 ] |
0 .2 .4 .6 .8 LO
xc

(a) wing mdsemispan,
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Fig. 5 Comparison between XTRAN3S and experi-
mental steady pressure distributions on
the AEDC wing-fuselage at M = 0,8 and
oy = af = 2,663°;

0 .2 .4 .6 .8 Lo

underprediction of the leading edge suction
peak on the upper surface. For the fuselage
(Fig. 5(b)), the XTRAN3S calculations compare
very well with the experimental steady pressure
data along both the upper and lower fuselage
surfaces. The good agreement between XTRAN3S
and experimental symmetry plane pressures thus
verifies the fuselage angle-of-attack modeling,

NACA Wing-Fuselage

Steady transonic calculations were
performed for the NACA wing-fuselage for
comparison with the experimental data of Ref.
16. This configuration 15 a more challenging
case for assessment of the wing-fuselage
capability due to the high sweep of the wing.
Calculations were performed at M = 0.93 and o
= af = 2°, which 1s referred to as Case 3 as
Tisted in Table 1. The time step was at = 0.01,
and 2400 steps were required to obtain a
converged solution. Comparisons between XTRAN3S
and experimental steady pressure distributions
for five span stations along the wing are given
in Fig. 6. Calculations for the wing-alone
configuration are also plotted for further
comparison, For Case 3, the flow 1s
supercritical over a large portion of the upper
surface of the wing and the experimental data
tndicates that there 1s a very m1d shock wave
on the upper surface between approximately 7 =
0.40 and § = 0.60. As shown 1n Fi1g. 6, the
XTRAN3S steady pressures compare reasonably well
with the experimental data. The wing-fuselage
calculations are 1in slightly better agreement
with the experiment than the wing-alone
calculations. Differences between the
wing-alone and wing-fuselage calculated steady
pressure distributions represent the aerodynamic
interference of the fuselage on the wing. For
Case 3, the effect of the fuselage 1ncreases
(negatively) the pressure coefficients on both
the upper and lower surfaces of the wing, The
effect 1s largest on the 1nboard portion of the
wing and decreases slightly outboard toward the
tip. The fuselage i1nterference effect 1s still
noticeable at fi = 0.95, though, near the leading
edge of the wing upper surface. Shown 1n Fig, 7
are the fuselage symmetry plane steady pressure
distributions for Case 3. The fuselage pressure
values are generally small for this case except
in the wing location region where a pressure
expansion on both upper and lower surfaces 1s
produced by the disturbance of the wing. In
general, the XTRAN3S fuselage pressure
distributions are 1n fair agreement with the
experimental data. Differences between the
calculated and experimental pressures are
attributed in part to the coarseness of the
grid.

RAE Wing-Fuselage

Transonic calculations were performed for
the RAE wing-fuselage to further assess the
wing-fuselage capability. Two cases were
selected for comparison with the experimental
steady pressure data of Ref. 17. The two cases
(4 and 5 of Table 1) correspond to the
wing-fuselage at 0° and 1° mean angles of
attack. For both cases, the time step was at =
0.025 and 1600 steps were used to obtain a
converged solution. The experimental data was
measured at a freestream Mach number of 0.9 and
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Fig. 6 Comparison between XTRAN3S and experimental wing steady pressure dis-
tributions on the NACA wing-fuselage at M = 0.93 and «y = of = 2°,

the calculations were performed at both M = 0.9
and M = 0.91. Calculations were made at the
latter Mach number since it was shown in Ref, 14
that results computed using the Bailey/Ballhaus
code for the RAE wing-fuselage at M = 0.91 were
1n better agreement with the experimental data
than results computed at M = 0.9.

Steady pressure distributions for six span
stations along the wing of the RAE wing-fuselage
are plotted in Fi1g. 8 for Case 4. The pressure
distributions 1indicate that the flow 1s
supercritical over a small portion of the upper
and lower surfaces of the wing. The XTRAN3S
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Fig. 7 Comparison between XTRAN3S and experi-
mental fuselage symmetry plane steady
pressure distributions on the NACA
wing-fuselage at M = 0.93 and oy =

ap = 2°%

pressures are 1in good agreement with the
experimental data, with the largest differences
occurring in the outboard region of the wing
near the tip (f = 0.925). Although the cal-
culations at M = 0.9 compare better with the
experimental data inboard on the wing (at 7 =
0.25, for example), the calculations at M = 0,91
are generally n better overall agreement with
the experiment, Figure 9 shows the fuselage
symmetry plane steady pressure distributtions at
M = 0.9. There 1s a large pressure expansion
from 0.11 to 0.40 L due to the sloped nose of
the fuselage, The expansion 1n the wing
location region results from the disturbance
created by the wing. In general, the XTRAN3S
fuselage pressures agree well with the
experimental data,

Steady pressure distrmibutions at § = 0.25
of the wing are presented for Case 4 1n Fig,
10. Calculated results for M = 0.9 are plotted
for both the wing-alone and wing-fuselage
configurations for comparison with the
experimental data. As shown 1n Fig. 10, the
XTRAN3S wing-fuselage pressures are 1in better
agreement with the experiment than the
wing-alone pressures, For the RAE wing-
fuselage, the aerodynamic 1nterference of the
fuselage decreases the magnitude of the wing
steady pressure coefficients 1n the inboard
region of the wing which 1s opposite to that
found for the NACA wing-fuselage (Fig. 6). This
effect decreases rapidly along the span and is
negligible at the tip (not shown),

Steady pressure distributions for the RAE
wing-fuselage are shown 1n Fig, 11 for Case 5.
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Fig. 8 Comparison between XTRAN3S and experimental wing steady pressure dis-

tributions on the RAE wing-fuselage at M = 0.90, 0,91, and oy = of = 0.

There 1s a shock wave on the upper surface of
the wing that is relatively mild 1n the 1inboard
region and is of moderate strength outboard
toward the wing tip. In general, the XTRAN3S
steady pressures are 1n good agreement with the
experimental data, The calculations at M = 0.9
compare better with the experiment 1n the
inboard region of the wing (at © = 0.25, for
example), but the calculated results at M = 0,91
are generally what is expected from a conser-
vative inviscid TSD code 1n comparison with the

experiment. For example, the shock wave on the
wing upper surface calculated at M = 0.91 1s
located slightly aft of the experimental
location and the post-shock pressures are
overpredicted. For cases such as this, the
inclusion of the nonisentropic effects and
viscous effects is required to 1mprove the

correlation between calculation and experiment,
Figure 12 shows the fuselage symmetry plane
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Fig. 9 Comparison between XTRAN3S and experi-
mental fuselage symmetry plane steady
pressure distributions on the RAE wing-

fuselage at M = 0.9 and oy = of = 0,

10

steady pressure distributions at M = 0.9 and
@y = o = 1° (Case 5). These pressure
distributions are very simlar to those at zero
angle of attack shown i1n Fig. 9. In this case,
the fuselage carries a small amount of 1ift 1n
the wing location region. In general, the
XTRAN3S fuselage pressures are 1n reasonably
good agreement with the experimental data.

Steady pressure distributions at % = 0.25
of the wing are presented 1n Fig. 13 for Case
5. The calculated pressure distributions for M

= 0.9 are plotted for the wing-alone and
XTRAN3S
Wing alone
Lz — ~ —— Wing-fuselage
8t O  Experiment ( Wing-fuselage )

n=0,
-8 1 | 1 | —
6 .2 .4 .6 .8 LO
xlc

10 Wing steady pressure distributions for
the RAE wing-fuselage at M = 0.9, oy
= af = 0, and A = 0.25.

Fig.
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Fig. 11 Comparison between XTRAN3S and experimental wing steady pressure dis-
tributions on the RAE wing-fuselage at M = 0.90, 0,91, and oy = of = 1°,

wing-fuselage configurations for comparison with
the experimental data. As shown 1n Fi1g. 13, the
fuselage 1nterference weakens the mild shock
wave on the wing upper surface bringing the
XTRAN3S steady pressures 1nto very good
agreement with the experiment. In fact, the
calculated pressure distributions for the wing-
fuselage agree better with the experiment for
both upper and lower surfaces in comparison with
the wing-alone results,

Unsteady  transonic  calculations  were
performed for the RAE wing-fuselage to
demonstrate application of the new capability to
aeroelastic problems, Experimental data for
this model are not available for comparison

purposes. The freestream Mach number was
selected as M = 0.91 and oy = o = 1° (Case
XTRAN3S
[e] Experiment - upper surface
o Experiment - lower surface

Fig. 12 Comparison between XTRAN3S and experi-
mental fuselage symmetry plane steady
pressure distributions on the RAE wing-
fuselage at M = 0.9 and o = of = 1°,

5). The wing was first forced to osciliate
harmonically i1n first bending and then 1n first
torsion, at a reduced frequency of k = 0,25,
The time step was At = 0.02513 which results 1n
500 steps per cycle of motion. Three cycles of
motion were computed to obtain a periodic
solution, The wing-fuselage calculations are
compared with wing-alone results to determine
the effects of fuselage aerodynamic 1nterference
on unsteady wing loading.

XTRAN3S
Wing alone
— ——— Wing-fuselage
L2~
Experiment { Wing-fuselage )
s O  Upper surface

O  Lower surface

Fig. 13 Wing steady pressure distributions for
the RAE wing-fuselage at M = 0.9, oy
= of = 1°, and 7 = 0.25.




Unsteady sectional ift and moment
coefficients are shown 1n Figs. 14(a) and 14(b),
respectively, for the wing aoscillating in its
first bending mode. These coefficients are
plotted as real (in-phase) and wmaginary (out-
of-phase) components of the spanwise wing
loading. The unsteady coefficients are largest
in the outboard region of the wing since the
wing mation 1s largest at the tip. The effect
of fuselage aerodynamic 1nterference 1§
generally largest inboard towards the
wing-fuselage junction, as expected. As shown
in Fig. 14(a), for example, the fuselage
interference decreased the magnitudes of the
real and imaginary I11ft coefficients by 19% and
37%, respectively, near the wing-fuselage

Sl Wing alone
———- Wlng-fuselage
.02 o
<y i
0
[ }/-ng-fuselage junction
=02 ! 1 1 ] J
0 2 4 6 8 L0
n
(a) sectional Nft coefficients.
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———— Wing-fuselage
004 -
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0
-. 004 ]
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(b) sectional moment coefficients.

Fig. 14 Unsteady sectional coefficients due to
wing first bending for the RAE wing-
fuselage at M = 0.91, oy = of = 1°
and k = 0.25;

Junction. In the mddle region of the wing, the
real part of cy 1s decreased and the mmaginary
part 1s increased when the fuselage 15 1ncluded
in the calculation. These changes in the real
and 1maginary parts occur such that the
magnitude of c¢; 1s slightly decreased and the
phase of ¢, 1s 1ncreased due to fuselage
interference, The interference effect
attenuates along the span and 15 negligible
outboard toward the wing tip. The effect of the
fuselage on the unsteady sectional moment
coefficients (Fig. 14(b}) 1s symilar to that on
the 11ft coefficients. The magnitudes of the
real and maginary components of Cm are
decreased near the wing-fuselage junction for
the wing-fuselage configuration and the effect
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(a) sectional N1ft coefficients.
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(b) sectional moment coefficients.

F1g. 15 Unsteady sectional coefficients due to
wing first torsion for the RAE wing-
fuselage at M = 0.91, ay = of = 1°
and k = 0.25;




generally decreases spanwise, vanishing near the
tip.

Unsteady sectional thft and  moment
coefficients are shown 1n Figs. 15{a) and 15(b),
respectively, for the wing oscillating 1n 1ts
first torsion mode. These cofficients are
simlar 1n character to the coefficients of
Fi1g. 14 1n that the largest magnitudes generally
occur in the outboard region since the motion of
the wing 1s largest at the tip. The effects of
fuselage aerodynamic 1interference are greatest
in the 1nboard region near the wing-fuselage
Junction. As shown 1n Fig, 15(a), for example,
the fuselage 1interference slightly lowers the
real part of ¢y and significantly decreases
the magnitude of the wmaginary part. The total
magnitude of the sectional 1i1ft coefficients 1s
thereby reduced and the phase increased when the
fuselage 1s i1ncluded 1n the calculation. This
result 1s attributed physically to the weakening
of the steady shock on the wing by the presence
of the fuselage as shown in the steady pressure
distributions of Fig. 13. For the moment
coefficients (Fig. 15(b)), the fuselage
1nterference decreased the magnitudes of the
real and 1maginary components near the wing-
fuselage junction, OQutboard on the wing, the
effect of the fuselage 15 small.

Generalized aerodynamic forces were then
calculated by 1integrating the unsteady 1i1fting
pressures weighted by the mode shapes, over the
wing planform. These forces Ay are typically
used 1n flutter analyses and are defined as the
forces resulting from the pressure 1nduced by
mode 3 acting through the displacements of mode
1. In this study bending and torsion are
defined as modes 1 and 2, respectively. The
generalized aerodynamic forces are listed 1n
Table 2 for both the wing-alone and
wing-fuselage cases., Resuits are tabulated 1n
both real, mmaginary and magnitude, phase forms
to allow for a fair and complete assessment of
fuselage aerodynamic 1nterference. Comparisons
between the forces 1ndicate relatively small
changes 1n the real components and generally
much larger changes 1n the imaginary components
when the fuselage 15 1ncluded 1n the calcu-
lation. For example, the imaginary part of A,,
1s decreased 29.7% and the imaginary part of A,
1s 1ncreased 27.3%. In general, though, the
changes 1n the generalized aerodynamic forces
occur such that the total magnitude 1s 1ncreased
2 to 5%, and the phase 1s 1ncreased 2 to 3°,

Concluding Remarks

A time-accurate transonic wing-fuselage
capability has been developed for unsteady
aerodynamic and aeroelastic applications. The
new capability was developed by extending the
XTRAN3S unsteady transonic small-disturbance
vode to allow the treatment of a fuselage. The
code 1S now capable of computing unsteady
transonic flow fields about wing-fuselage
configurations, The capability permits the
assessment of fuselage aerodynamic interference
effects on transonic unsteady airloads and
flutter characteristics of wings,

Steady transonic calculations were
presented for three wing-fuselage geometries
with leading edge sweep angles ranging from 0Q°
to 46.76° and comparisons were made with
experimental pressure data for code validation
purposes, The XTRAN3S wing and fuselage
pressure distributions were 1n good agreement
with the experimental data. These favorable
comparisons thus verify the fuselage treatment

and code modifications to XTRAN3S, and also
demonstrate the accuracy of the code for
wing-fuselage applications. Furthermore,

comparisons of steady pressure distributions
calculated using XTRAN3S both with and without
the fuselage revealed the effects of fuselage
steady aerodynamic interference on the wing., In
general the interference of the fuselage on the
wing pressures was largest 1nboard near the
wing-fuselage junction and attenuated outboard
toward the wing tip, as expected,

Unsteady transonic
presented for a
configuration,

calculations  were
transport-type wing-fuselage
The calculations were performed

for simple first bending and first torsion
structural modes that were assumed for the
wing, Comparisons of unsteady sectional 1ift

and moment coefficients for the wing-alone and
wing-fuselage cases revealed effects of fuselage
derodynamic 1nterference on the unsteady wing
loading. In general, the interference of the
fuselage decreased the magnitude of the 11ft and
moment  coefficients near the wing-fuselage
Junction.,  The effect of the fuselage on the
unsteady wing loading decreased outboard towards
the wing ti1p, simlar to the attenuation of the
effect on the steady pressures. Tabulated
generalized aerodynamic forces, typically used
'n flutter analyses, indicated small changes 1n
the real component and as much as a 30% change

Table 2 Generalized aerodynamic forces for RAE wing-fuselage at M = 0,91,

ay = o = 1°, and k = 0.25 (mode 1 bending, mode 2- torsion).

A'j Wing-alone ) Hing-fuszi;qe

) _T————l—— B ﬁ—‘_z degree
i) J | Real imag. Mag. Phase Real Increase 1mag increase | Mag. increase | Phase increase
1111 .230 .254 .343 47.8° | .227 -1.3 270 6.3 .353 2.9 49.9° 2.1
1121 .841 | -.101 847 -6.9° 858 2.0 -.071 257 .Rbl 2.4 -4,7° 2.2
211y .037 011 .039 17.0° | .038 2.7 .01a 27.3 .041 5.1 19.9° 2.9
212) .095 1 - 076 121 -38.6° } .101 6.3 -.073 -3.9 .lff_J 2.5 -35.7° 2.9
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in the imaginary component when the fuselage was

included in the calculation. These changes
resulted 1n a 2 to 5% increase ir total
magnitude and a several degree increase 1n

phase.

The work was conducted as part of a larger
effort directed toward developing the capability
to treat a complete flight vehicle. Future work
will be aimed at applications to more complex
wing-fuselage geometries and developing a
wing-fuselage-tail capability.
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small-disturbance equation. Transonic calculations are presented for three
wing-fuselage configurations with leading edge sweep angles ranging from 0° to
46.76°, the results of which compare well with available experimental steady
pressure data. Unsteady calculations are performed for simple bending and
torsion modal oscillations of the wing. Comparisons of sectional 1ift and
moment coefficients for the wing-alone and wing-fuselage cases reveal effects
of fuselage aerodynamic interference on the unsteady wing loading. Tabulated
generalized aerodynamic forces typically used in flutter analyses, indicate
small changes in the real (in-phase) component and as much as a 30% change in
the 1maginary (out-of-phase) component when the fuselage is 1ncluded 1n the
calculation. These changes result 1n a ? to 5% increase in total magnitude
and a several degree 1increase in phase,
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