
NASA Technical Memorandum 87754 
USAAVSCOM Technical Memorandum 86-8-2 NASA-TM-8775419860019523 

ANALYSIS OF DELAMINATION GROWTH FROM MATRIX 
CRACKS IN LAMINATES SUBJECTED TO BENDING LOADS 

Gretchen Bostaph Murri and E. Gail Guynn 

July 1986 

NI\SI\ 
National Aeronautics and 
Space Administration 

Langley Research Center 
Hampton, Virginia 23665 

111111111111111111111111111111111111111111111 
NF01635 

FOR REFERENCE 

---.... 

1f0T TO IE TAlXN FROM nus ROON 

ili}'f~'l !.;: 'ji:,':;t") 
..... L' • () 

lANGLEY fiESEARCH CENTER 
U8RARY, NASA 

HA!.~ero~. VIRGINIA 





Abstract 

Delamination is the most commonly observed damage mode in laminated 

composite materials. A major source of delamination damage is from low-velocity 

impact. In thin composite laminates under point loads, matrix cracks develop 

first in the plies, and delaminations then grow from these cracks at the ply 

interfaces. The purpose of this study was to quantify the combined effects of 

bending and transverse shear loads on delamination initiation from matrix cracks 

in composite laminates. Graphite-epoxy laminates with 900 plies on the outside 

were tested and analysed to provide a two-dimensional simulation of the back-

surface damage observed during low-velocity impact. Three plate bending 

problems were considered: 4-point bending, 3-point bending, and an end-clamped 

center-loaded plate. Under bending, a matrix crack will form on the tension 

side of the laminate, through the outer 900 plies and parallel to the fibers. 

o Delaminations will then grow in the interface between the cracked 90 ply and 

the next adjacent ply. Laminate plate theory was used to derive simple 

equations relating the total strain energy release rate, G, associated with the 

delamination growth from a 90 0 ply crack to the applied bending load and 

laminate stiffness properties. Three different lay-ups, [90 4/01±45J s ' 

[904/0
3

J
s

' and [90
3

/01±45]s' were tested and results compared. Test results 

verified that in all cases the delamination formed at the interface between the 

o cracked 90 ply and the next adjacent ply. Calculated values for total Gc from 

the analysis showed good agreement for the three lay-ups and the three different 

test configurations. Using an assumed value for GIC from a previous study, the 

analysis was able to predict the delamination onset load for the cases 

considered. The result indicates that the opening mode component (Mode I) for 

delamination growth from a matrix crack may be much larger than the component 

due to interlaminar shear (Mode II). 



a 

A" 

A55 

b 

b" 

B" 

d" 
D" 
-S Lam 

SDel 

E" , 

G 

G
I

, 

G 
c 

L 

M x 

N zx 
p 

E22 , G'2 

GIl 

Nomenclature 

delamination crack length 

laminate extensional stiffness 

laminate shear stiffness in xz plane 

specimen half-width, inches 

laminate extension-bending coupling compliance 

laminate extension-bending coupling stiffness 

laminate bending compliance 

laminate bending stiffness 

equivalent laminate compliance for original laminate 

equivalent laminate compliance for sublaminate 

lamina moduli 

total strain energy release rate for delamination 

strain energy release rate components due to interlaminar 

tension and shear 

critical strain energy release rate for delamination onset 

equivalent laminate shear compliance for original laminate 

equivalent laminate shear compliance for sublaminate 

laminate thickness 

specimen half-span, inches 

moment arm, 4-point bending test, inches 

bending moment per unit width, in-lb/in. 

shear force per unit width, lb/in. 

applied load, lb. 

lamina transformed reduced stiffness 
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U strain energy of bending 

x,y,z Cartesian coordinates 

e: x laminate axial strain 

K laminate curvature x 

\1
12 

lamina Poisson's ratio 

y laminate shear strain xz 

C1 laminate axial stress x 

'xz laminate shear stress 
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Introduction 

As the use of composite materials in primary aircraft structures increases, 

so must our understanding of failure mechanisms in these materials. The most 

commonly observed damage mode in composite laminates is delamination damage, 

which may result from a number of sources. Bostaph and Elber [1,2] observed 

that for thin composite plates under low-velocity impact, damage begins as local 

delaminations between plies. The damage is concentrated near the back side of 

the plate and significant back-face spalling may occur before there is any 

visible damage on the impacted surface. Typical back-surface damage of a thin 

graphite-epoxy laminate after low-velocity impact, as simulated by a static 

indentation test on a clamped circular plate, is shown in Figure 1 where 

significant ply cracking and spalling are evident. In a recent study, Guynn and 

O'Brien [3], used a de-ply technique to show that delaminations of impacted 

regions are always associated with matrix cracking. They observed that matrix 

cracks will form first through the laminate plies and parallel to the fiber 

direction. Under bending loads, delaminations will then grow perpendicularly 

from these cracks where they terminate at ply interfaces. The purpose of this 

study was to quantify the combined effect of bending and transverse shear loads 

on delamination initiation from existing matrix cracks in thin laminates. 

In order to model a variety of bending situations, three different boundary 

conditions were considered in the study. A variety of lay-ups was used, each 

lay-up having 90 plies on the outsides. The lay-up of the interior of the 
n 

laminates was varied to provide specimens with different bending stiffnesses. 

Under bending, a matrix crack will form on the tension side of the laminate, 

extending through the "n" o 90 plies and parallel to the fibers. Once this 

matrix crack reaches the interface between the inner-most 900 ply and the next 
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adjacent ply, delaminations initiate and grow. In order to isolate the matrix 

crack and study the problem 2-dimensionally, small coupon specimens were 

designed to represent the rectangular section shown in Figure 1. Schematic 

drawings illustrating the three tests and the expected failure are shown in 

Figure 2. The strain energy release rate associated with this delamination 

growth can be related to the applied load and laminate stiffness. Simple 

equations for the strain energy release rate (G) associated with delamination 

were developed using laminate plate theory. The G values, as determined by the 

analysis and measured data from T300/5208 graphite epoxy, were compared for a 

variety of lay-ups and boundary conditions. 

Procedure 

Small (5 inch by 1 inch) specimens of ~300/5208 graphite-epoxy were tested 

in the study. Three lay-ups, [904/01±45Js ' [90 4/0
3

Js ' and [90
3

/01±45J s were 

chosen for testing. These lay-ups were selected to provide test specimens with 

different laminate stiffnesses, but with the delamination confined to the [9010J 

interface. All specimens were manufactured at NASA Langley. The [904/01±45Js 

and [90 4/0
3

Js lay-ups were cured in a press while the [90
3

/01±45J s lay-up was 

cured in an autoclave. The different curing processes yielded a fiber volume 

fraction (Vf ) of 70% for the pressed panels and a Vf of 61% for the autoclaved 

panel. The specimen configuration for the bending tests is shown in Figure 3. 

In order to study delamination initiation from pre-existing matrix cracks, and 

to be able to isolate the crack, specimens were tested with simulated matrix 

cracks. These simulated precracks were formed in two different ways, either by 

carefully cutting through the outside 900 plies to the [9010J interface with a 

razor blade, or by having the' specimens manufactured with a thin (1 mil) Mylar 
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strip at the mid-span through the 90
0 

plies on one side of the laminate. When 

razor precracks were used they were first examined under a light microscope to 

verify that the razor cut extended to the [90/0] interface but not into the 

00 1 P y. 

Three different bending conditions were chosen. To simulate pure bending, 

specimens were loaded across their width in a 4-point bending test. A 3-point 

bending test was used to include the effects of transverse shear forces. 

Conditions similar to low-velocity impact of a laminate near a rigid support 

were simulated by clamping the specimens at the ends and loading them across 

their width at the mid-span. 

The 4- and 3-point bending test apparatuses are shown in Figures 4 and 5, 

respectively. These two fixtures are similar in design, both using rollers to 

apply the loads across the specimen width. The loading pins are 0.25-inch 

diameter steel rods. Annular ball bearings were positioned at each end of the 

loading pins and supported in U-shaped aluminum channels as shown. This 

combination of loading pins and annular ball bearings created a roller system 

and thus, simply-supported conditions. In the .4-point bend test, the inside and 

outside span lengths were 3 and 4 inches, respectively. The span of the three-

point bend test was 3 inches with the load applied at the midspan of the 

specimen. 

The end-clamped, center-loaded test apparatus is shown in Figure 6. 

Clamped boundary conditions were obtained by clamping one square inch of each 

end of the specimen between two aluminum plates as shown. The span between the 

clamps was 3 inches. The specimens were loaded across their midspan width with 

a one-inch wide wedge. For all tests, loads were applIed with a servo-

controlled hydraulic test stand. The specimens were loaded in displacement 

control at a rate of .08 in./min, until the delamination grew. In all cases the 
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initial growth was very rapid, extending the crack about one-half inch on each 

side of the precrack. Center point displacements were measured with a direct 

current displacement transducer (DeDT) whose rod was supported by a spring as 

shown in Figures 4 and 5. The load-displacement behavior of the specimen was 

recorded on an x-y plotter. Typical load-displacement results for a [90 4/0
3

Js 

laminate in 4-point bending and end-clamped bending conditions are shown in 

Figure 7. The load-deflection plots were linear to the onset and growth of 

delamination for the end-clamped tests for all lay-ups. The 4-point bending and 

3-point bending tests exhibited some small amount of non-linearity in nearly all 

cases before delamination occurred. This non-linearity was attributed to the 

test fixtures and was small enough that it was not a concern. 

Analysis 

Simple equations for the strain energy release rate associated with 

delamination growth, under a constant out-of-plane displacement, from a matrix 

crack were developed for each bending configuration using a strain energy 

release rate definition of the form 

G =dW _dU 
dA dA 

(1) 

where A is the surface area created by the delamination, W is the work performed 

by the external loads, U is the strain energy, which in general is given in 

terms of the laminate stresses by 

1[ 
U= 2J(OxEx + 0yEy + OZE z +. Y +. Y +. Y )dV xy xy xz xz yz yz (2) 

and W=2U 

For the three bending configurations considered, equation (2) can be reduced to 

1 r 
U=2J (OxEx + 'xzYxz)dV 

V 

The axial strain and stress in the kth ply are given by laminated plate theory 

[4J as 
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o e: =t; + ZK 
X X X 

(4) 

(5) 

o 
where e:x and KX are the midplane strains and curvatures in the x direction 

respectively, and Q11 is the transformed reduced stiffness. The transverse 

shear stress in the kth ply is given by 

-
TXZ Q55Yxz (6) 

Substituting eqs. (4-6) into eq.(3) yields 

1 rr N 
U=-JJ L 

2 k=1 

where N is the number of plies in the laminate, Yzx is the shear strain in the 

th zx plane and zk is the distance from the midplane to the k ply. Performing 

the integration and summing in the Z direction, eq. (7) becomes 

(8) 

where A", B", 0", and A55 are the laminate extensional, bending-extension 

coupling, bending, and transverse shear stiffnesses, respectively. 

e:~, K
X

' and Yxz can be expressed in terms of the external loads as 

o e:x=b11 Mx 

The terms 

Kx=d
11

Mx (9) 

N 
Y = zx 

zx hGzx 

where b" and d" are compliances for bending-extension coupling and bending, 

respectively, as defined by laminate plate theory [4]. M and N represent the x xz 

applied moment and shear load per unit width for the particular bending 

configuration of interest. Substituting equations (9) into equation (8), and 

integrating in the y-direction results in 
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where 

A 
(~)N2 }dx 
h2G2 xz 

zx 

it should be noted that, in general, B11~~ and D11~~. 
11 11 

( 1 0) 

Moment and shear diagrams for the three bending problems considered here 

are shown in Figure 8. The 4-point bending test provides pure bending (i. e., 

no transverse shear forces) between the inner load points. The 3-point bend 

test has a linearly varying moment which is a maximum at the midspan and has a 

constant shear force through the test section. The clamped end condition has 

the same constant transverse shear force, and a moment which is negative at the 

supports, zero at the quarter-span pOints and maximum at the mid-span. The 

moment and shear expressions for the three cases are 

A. Four-point bending 

M ]L 
x 4b where L~x~(2~-L) 

N =0 xz 

B. Three-point bending 

M ]x 
x 4b 

p 
Nxz=4b 

where O~x~~ 

C. End-clamped 

P 
Mx=8b(2X-~) 

p 
Nxz=4b 

where o~x~~ 

( 11) 

( 12) 

(13) 

(14) 

(1 6) 

The half-span of the laminate can be modelled as a laminated region and a 

sub laminate created by the growth of the delamination as shown in Figure 9 for 

the three point bending case. This sublaminate is an asymetric laminate 

o consisting of the original laminate minus the cracked 90 plies that are 

delaminated and no longer carry load. Equation (3) can therefore be expressed 

as 

( 17) 
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where the subscripts Lam and Del refer to the laminate and sublaminate 

respectively. By using the appropriate equations for the bending moment M and x 

transverse shear N for the particular configuration of interest, equation (10) xz 

can then be integrated over the half-span. For the complete laminate this 

expression must be multiplied by 2, to yield an expression for the strain energy 

of the laminate in terms of the laminate constants, the applied load and the 

crack length a. For simplicity, let 

- 2 2 
S = A11 b11 + 2B11b11d11 + D11 d11 

(18) 

and 

g 
A55 

= h2G2 (19) 

xz 
-

It is then possible to calculate SDel' gDel for the sublaminate and SLam' gLam 

for the laminated region. Using equations (11-16) and (18-19) and substituting 

equation (10) into equation (1) and differentiating, where A is the total 

delaminated area and dA=(2b)2(da), the following three equations can be 

determined for the total strain energy release rate for the 4-point bending, 3-

point bending and end-clamped configurations, respectively. 

p2L 2 _ _ 
G= --(S -S ) 

32b2 Del Lam 
(20) 

2 
G= _P_[(~2-2~a+a2)(8 -8 )+(g -g )] 

32b2 Del Lam Del Lam 
(21) 

p2 ~2 2 _ _ _ _ 
G= --2[(-4 ~a+a ) (SD l-SL ) +(gD l-gL )] 

32b e am e am 
(22) 

where P is the load, and L, b, and ~ are specimen geometry terms as defined in 

Figure 2. In the calculations Gxz was assumed to be approximately equal to Gxy 

according to [5J. 

In Figure 10, G is plotted for equations (20), (21), and (22), as a 

function of normalized delamination length, a/~, for a [90 4/01±45]s laminate 
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with a unit load. Figure 10 shows that for the 4-point bending case G is 

constant and independent of a, and for the 3-point bending and the end-clamped 

cases a maximum value of G occurs when the delamination length, a, approaches 

zero. Figure 10 also shows that for the 3-point bending and end-clamped cases, 

G reaches a minimum value which is very close to zero. This minimum G value 

represents the transverse shear component only. As the figure clearly 

demonstrates, the transverse shear contribution (which is not a function of a) 

is very small compared to the bending component. For the purposes of this 

study, the influence of the interlaminar normal and shear stress singularity 

associated with the existing matrix crack is not considered. The G values 

calculated from equations (20-22) are based on net section stresses and strains 

in each ply. A boundary value problem must be formulated and solved to 

determine the nature of the interlaminar stress singularity, and the manner in 

which G reaches the values obtained from equations (20-22) as the crack forms. 

In the absence of this rigorous solution, it was assumed that the values of G in 

equations (20-22) as a~O are maxima. When a value of a=O is substituted in 

equations (20), (21), and (22), they become 

2 2 
G=~(S - S ) 

32b2 Del Lam 
p2 2 _ _ _ _ 

G= --iJl. (SDel-SLam)+(gDel-gLam)] 
32b 

p2 Jl.2 _ _ _ _ 

G= --i4(SDel-SLam) +(gDel-gLam)] 
32b 

(23) 

(24) 

(25) 

The critical load measured at delamination onset Pc' was substituted into 

equations (23-25) to determine the critical strain energy release rates, Gc for 

onset of the delamination from the matrix crack. 

Test data and calculated Gc values are given in Tables 1, 2, and 3 

for the 4-point bending, 3-point bending, and clamped center-loaded 
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configurations, respectively. The specific ply properties used to compute the 

laminate stiffnesses for the T300/5208 material were 

6 E11 = 19.5 x 10 psi 

6 E22= 1.48 x 10 psi 

6 G12= .8 x 10 psi 

v
12

= 0.3 

(26) 

Calculated compliance terms based on these assumed properties are shown in 

Table 1 for the 4-point bending tests, along with the actual measured bending 

compliances from testing. The agreement is good for the three lay-ups. 

Results and Discussion 

A typical failed specimen is shown in Figure 11 for the four-point bending 

configuration. The figure clearly shows that the delamination grew 

symmetrically from the simulated matrix crack and the nature of the failure 

indicates that it may be a mode I or peel failure. Light microscopy was used to 

verify that the bending load did result in a delamination at the [9010] 

interface and did not cause cracking through the 0
0 

ply or extensive fiber 

bridging. Figure 12 shows a detailed view of the delamination growth from a 

simulated matrix crack in a [904/0
3

Js laminate, as seen through a light 

microscope. The delamination surface is clearly indicated in this figure at the 

[9010J interface. A scanning electron microscope (SEM) was used to examine the 

delaminated surfaces of selected specimens to determine whether the delamination 

was occurring in the matrix material and whether any fiber bridging was present. 

The failure surfaces were also carefully examined by means of a scanning 

electron microscope (SEM). Figure 13a shows an SEM micrograph for one such 

failure surface at 65X magnification. The absence of 00 fibers on this surface 

indicates that the delamination started and grew at the [9010] interface. 
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Figure 13b is a higher 1000X magnification of the area at the crack tip. This 

micrograph shows that the remaining matrix material adhered to the 90 0 fibers. 

This matrix material contains imprints from the 0
0 fibers in the adjacent ply, 

which again indicates that the delamination occurred at the [9010] interface. 

Neither micrograph shows any indication of fiber bridging at a=O, although there 

was a tendency to pick up fibers as the crack extended further. In this study, 

however, we are concerned only with the behavior at a=O, where there was no 

evidence of fiber bridging. SEM examination was used to verify that the 

delamination always formed and grew at the [9010J interface regardless of lay-

up, test configuration, or type of pre-crack used. 

Failure loads and specimen geometries for the three laminates and three 

test configurations are given in Tables 1,2, and 3. The calculated G values c 

for each test configuration are shown graphically in Figure 14 for each test 

lay-up. These values were calculated using equations (23-25) and the measured 

failure loads. Figure 14 shows that for a given lay-up there is little 

variation in G for the different tests, although the results from the clamped c 

end conditions are always slightly higher. For the 3-point bend test results 

are shown for the [90 4/0
3

]s laminate using both a razor pre-crack and a Mylar 

insert. The results differ only slightly for the two methods indicating little 

effect due to the sharpness (or bluntness) of the initial matrix crack tip. 

Both techniques seem reasonable for simulating an initial crack. Figure 15 

shows a comparison of results of the different lay-ups for each type of test. 

Figure 15 shows little variation of results for any of the lay-ups using the 4-

point bend test where there is no transverse shear. The 3-point bending and 

end-clamped tests yielded similar results for the two 14-ply laminates. Slightly 

+ 
higher values were observed for the 12-ply, [90 3/01-45]s lay-up. This may be 

due in part to the lower fiber volume fraction (61%) of that panel compared to 

13 



the 14-ply panels (70%). This difference may also be due to different 

percentages of the failure modes, interlaminar tension (mode I) and in-plane 

shear (mode II) occurring in the different lay-ups. A finite element analysis 

will be required to accurately determine the mode breakdowns in these laminates. 

In [6], Wilkins, et al used double-cantilevered beam tests (DCB) to measure 

the Mode I critical strain energy release rate of T300/5208 graphite-epoxy. 

Their results give a value of G =0.5 in-Ib where Gc=GI since the DCB is a pure 
c in2 c 

Mode I test. Similarly, in [7] O'Brien conducted edge-delamination tests on 

[±30 1±30/902 ]s laminates of T300/5208 where Gc was measured and the Grc 

component was calculated from finite element analysis. Those results also 

indicated in-Ib a value of GIc of approximately 0.5 2. 
in 

A comparison of the 

present results for Gc with the GIc results from these previous studies 

indicates that for these bending tests, the ~ailure is likely a predominantly 

in-Ib . Using a value of G=0.5 ----2- in equations (23-25), fallure loads 
in 

Mode I event. 

were predicted for the three lay-ups and test configurations. The results are 

plotted in Figure 16, where the symbols represent the predicted failure loads 

and the bands represent the range of the actual test data. For almost all cases 

the predicted failure was within the range of the actual measured failure loads 

but tended to be near the high end of the range. The figure demonstrates that a 

good prediction can be made of the failure load by using the mode I strain 

energy release of the material. This again emphasizes that for the laminates 

considered here, under bending loads the delamination initiation is likely to 

have a large opening component and is not strongly affected by the transverse 

shear load. 
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Conclusions 

In this study graphite-epoxy laminates with 900 
plies on the outside were used 

to two-dimensionally simulate the back-surface damage observed during low-

velocity impact of composite plates. Three different plate bending problems 

were considered: 4-point bending, 3-point bending, and an end-clamped, center 

loaded plate. These bending configurations were analyzed using laminate plate 

theory and simple equations were derived relating the total strain energy 

release rate, G , associated with the delamination growth from a 900 ply crack c 

to the applied bending load and laminate stiffness properties. For each bending 

problem, three different lay-ups were tested and results compared. Results of 

the analysis and testing indicate that: 

1. Delaminations formed at the interface where the matrix crack terminated and 

appeared to have a significant crack opening displacement. 

2. A G analysis based on laminated plate theory was derived. Total Gc values 

determined from this analysis and measured applied loads at delamination 

onset from the matrix crack yielded similar results for all three layups and 

bending configurations studied. 

3. The contribution of the transverse shear to the total Gc was very small for 

the three-point bending and end-clamped cases. 

4. Measured Gc values were similar to G1c values for the same material, as 

measured by DCB and EDT tests. Hence, delamination from matrix cracks in 

laminates subjected to bending loads appears to be predominantly a Mode I 

phenomenon. 
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Table Titles 

Table 1. Four-point bending test results. 

Table 2. Three-point bending test results. 

Table 3. End-clamped, center-loaded test results. 

Figure Captions 

Figure 1- Back-surface damage due to out-of-plane loading. 

Figure 2. Bending test configurations. 

Figure 3. Specimen configuration. 

Figure 4. Four-point bending apparatus. 

Figure 5. Three-point bending apparatus. 

Figure 6. Clamped, center-loaded apparatus. 

Figure 7. Load-deflection plots for [90 4/0
3

]s laminate~ 

Figure 8. Shear and moment diagrams for three test configurations. 

Figure 9. Laminate-sublaminate bending model. 

Figure 10. G vs. normalized delamination length for three bending c 

Figure 11. 

Figure 12. 

Figure 13. 

Figure 14. 

Figure 15. 

Figure 16. 

configurations. 

Matrix crack induced delamination. 

Delaminated [90/0] interface in [904/0
3
]s laminate. 

[9010] failure surface for a [904/03]s laminate. 

G results for three lay-ups and three test configurations. 
c 

Gc results for three test configurations and three lay-ups. 

Predicted and measured Gc results for three lay-ups and three 

bending configurations. 
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"Table 1 

i n-1 b 3 in 3 in 
lay-up b,in h,in l,in Pc,lbs G , 2 C X 10 Tb C X 10 lb 

c in measured calculated 

[90 /0/±45] .4970 .0739 .5 48 .353 3.75 3.22 
4 s 

.4970 .0760 .5 50 .384 3.15 3.22 

.4971 .0765 .5 46 .325 2.4 3.22 

.4970 .0757 .5 57 .498 3.38 3.22 

.4978 .0772 .5 47 .338 3.46 3.21 

.4978 .0763 .5 51 .398 3.5 3.21 

--' 
\.0 [90 /0 ] .4983 .0600 .5 38 .296 3.33 2.80 

4 3 s 
.4973 .0630 .5 44 .398 3.43 2.81 
.4980 .0600 .5 43.5 .388 3.2 2.81 
.4985 .0602 .5 46.5 .443 3.0 2.80 
.4989 .0601 .5 " 37 .280 3.2 2.8 
.4988 .0600 .5 49 .491 3.25 2.8 
.4991 .0600 .5 48 .470 3.17 2.8 

[90 /0/±45] .4964 .0688 .5 66.5 .491 3.67 3.03 
3 s 

.4960 .0702 .5 62 .427 4.2 3.03 

.4956 .0714 .5 67 .500 3.86 3.03 

.4964 .0710 .5 66.5 .491 3.86 3.03 

.4968 .0683 .5 56 .347 3.0 3.03 

.4907 .0713 .5 60 .409 4.1 3.06 

.4962 .0715 .5 66 .484 3.9 3.06 



N 
o 

Table 2 

Lay-up 

[904l0/±45]s 

[904/03]s 

[904/03] with 
Mylar 

[903/0/±45]s 

b,in h,;n 

.4994 .0741 

.4998 .0743 

.4996 .0742 

.4973 .0755 

.4975 .0754 

.4975 .0755 

.4975 .0768 

.4977 .0766 

.4982 .0728 

.4984 .0746 

.4971 .0769 

.5048 .0714 

.5052 .0715 

.5057 .0710 

.4906 .0691 

.4953 .0700 

.4967 .0719 . 

.4966 .0702 

.4964 .0692 

.4957 .0715 

.4963 .0707 

in-lb . 
l,in Pc,lbs Gc,in2 

1.5 14 .287 
1.5 17 .5 .448 
1.5 17 .5 .448 
1.5 15 .310 
1.5 16.5 .375 
1.5 18 .447 
1;5 14 .270 
1.5 16 .352 

1.5 21 .407 
1.5 20 .369 
1.5 19 .335 
1.5 17 .296 
1.5 18 .331 
1.5 18 .330 

1.5 24 .575 
1.5 22 .486 
1.5 20 .399 
1.5 22.5 .505 
1.5 24 .575 
1.5 24 .577 
1.5 22 .484 



Table 3 

in-1b 
Lay-up b,in h,; n 1,in Pc,lbs Gc ,in2 

[ 904/0/±451s .5000 .0746 1.5 46 .773 ! 

.5000 .0750 1.5 42 ' .645 I 

.4994 .0754 1.5 29 .308 

.4976 .0759 1.5 32.5 .364 

.4978 .0758 1.5 28 .270 I 

.4979 .0754 -1.5 38 .497 

.4978 .0772 1.5 33 .375 

.4972 .0765 1.5 41 .581 , 

.4980 .0759 1.5 36.5 .459 
i 

N [ 904/03]s .4984 .0729 1.5 37 .316 I 

....... .4981 .0748 1.5 43.5 .438 
I .4986 .0744 1.5 48.5 .543 

.4982 .0766 1.5 45.5 .479 

.4986 .0727 1.5 42.5 .979 

I 
[ 903/0/± 45]s .4964 .0720. 1.5 43.5 .473 l .4903 .0696 1.5 50 .641 

I .4964 .0707 1.5 54 .729 
.4970 .0714 1.5 44 .483 I 
.4966 .0715 1.5 49 .599 
.4968 .0697 1.5 44 .483 
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Figure 7. Load-deflection plots for [904/03]s laminate. 
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Figure 8. Shear and moment di.agrams for three test configurations. 
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Figure 12. Delaminated [90/DJ interface in [9°4/°)$ laminate. 
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