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Abstract

Composites research conducted at the Langley
Research Center during the period from 1975 to
1986 is described, and an annotated bibliography
of over 600 documents (with their abstracts) is pre-
sented. The research includes Langley basic technol-
ogy and the composite primary structures element of
the NASA Aircraft Energy Efficiency (ACEE) Pro-
gram. The basic technology documents cited in the
bibliography are grouped according to the research
activity such as design and analysis, fatigue and frac-
ture, and damage tolerance. The ACEE documents
cover development of composite structures for trans-
port aircraft.

Introduction

A crossroads event in the history of composites
research at the Langley Research Center occurred in
1975. Over a span of years prior to 1975, the devel-
opment of composites had proceeded in an orderly
manner from laboratory-scale experiments to limited
applications. As described in reference 1, the Langley
research was focused in accordance with a 1972 Air
Force-NASA Long-Range Planning Study for Com-
posites (RECAST). The event that would cause a
fundamental change was the formation of the Air-
craft Energy Efficiency (ACEE) Program.

From 1976 until its termination in 1985, the
ACEE Program was the central element in NASA
composites research. The rationale, planning, and
implementation of the program are discussed in ref-
erences 2 and 3. Composite structures were one el-
ement of a comprehensive plan for developing aero-
nautical fuel-conservation technology. The goal of
the Composite Primary Structures element of the
ACEE Program was to accelerate the application of
composites to primary structures in new civil trans-
port aircraft by (1) development of design and manu-
facturing techniques for composite empennage, wing,
and fuselage structures, (2) dissemination of technol-
ogy throughout the transport industry, and (3) ex-
tensive flight service evaluations. ACEE compos-
ites research was performed under contracts with the
transport builders and managed by a small project
staff at Langley.

During the ACEE era, Langley personnel pro-
vided expert assistance to the ACEE Project Office
but primarily conducted a program of traditional,
or base, research. This research was performed at
Langley or under numerous grants and contracts with
Langley and covered the aerospace spectrum from
helicopters to airplanes to spacecraft. Together the
ACEE and Langley base research programs produced

results of major significance to composites technology
in the United States.

This report briefly summarizes the ACEE and
base programs in composite materials and struc-
tures and presents an annotated bibliography of the
many reports and documents on the subject pro-
duced during the 11-year period from 1975 to 1986.
The bibliography of over 600 publications (with their
abstracts) is organized into subsections according to
research disciplines or aircraft structural compo-
nents. An author index to these documents is also
provided. This report deals only with resin-matrix
composite materials and with research conducted un-
der the auspices of the Langley Research Center. A
similar summary including a bibliography covering
ACEE aerodynamics research is presented in refer-
ence 4.

ACEE Composites Program

Composite primary structures became an element
in the ACEE Program because composites offered
a means to conserve fuel use by transport aircraft.
Studies such as that reported in reference 2 indicated
that extensive use of composites in major structural
components could reduce aircraft structural weight
by 25 percent or more and, as a consequence, save 10
to 15 percent in fuel usage. The planned application
of composites would require the development of rev-
olutionary technology in aircraft structures. More-
over, extensive use of composites would require the
following barriers to be overcome:

1. Experience with composites resided with research
groups rather than with designers and
manufacturers.

2. Uncertainties in the development and produc-
tion costs of composites made it difficult for
them to compete with established aluminum
technology.

3. Long duration performance and maintenance re-
quirements of composites were unknown, so that
users were reluctant to accept this new material.

A systematic building block approach was se-
lected to achieve the ultimate goal of composite wings
and fuselage on transport aircraft. Development be-
gan with lightly loaded secondary structural compo-
nents, proceeded to medium primary structural com-
ponents, and was planned to conclude with wings and
fuselage. Although the ACEE composites program
was terminated before completion of wing and fuse-
lage development, important results were obtained.
This section summarizes the component develop-
ments and technology research accomplished during
the ACEE era. Details are contained in the reports
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Figure 1. Composite transport structural components developed under ACEE Program.
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cited in the annotated bibliography under “ACEE
Composites Program” and “Conference Documents.”

Transport Structures Development

Under the ACEE Program Boeing Commer-

..... ~fr M
a.ud Lock-

heed Corp. contracted to develop the secondary and
empennage (medium primary) components shown
in figure 1. The weight savings indicated for each
component is based on the weight of the original
aluminum alloy component. Although different in
detail, each contract encompassed the elements
shown in figure 2 and each incorporated cost-sharing
provisions. In addition to achieving technical goals,
each development was to acquire those cost data re-
quired for the builders to make production commit-
ments. A common element in the components was
the use of Narmco T300/5208 (graphite-epoxy), a
graphite-fiber-reinforced thermoset matrix material
cured at 350°F. Each contractor elected to use com-
pany funds to acquire the design allowables data re-
quired for Federal Aviation Administration (FAA)
certification. Only the Lockheed data (ref. 5) were
published.

Douglas DC-10 upper aft rudder. Development of
the upper aft rudder, a secondary component, on the
DC-10 began in 1974 under the Langley base pro-
gram and was completed under the ACEE Program.
Structural arrangement of the rudder is shown in fig-
ure 3, and details of the design, testing, and qual-
ification are given in reference 6. Two noteworthy
features of the rudder development (ref. 7) were the
postbuckled (tension field) design and the “trapped
rubber” manufacturing process. Twenty composite
rudders were manufactured for flight service, which
began in June 1976. Except for isolated damage inci-
dents, primarily due to lightning strikes, flight service
of the rudders has been uneventful. Flight service
data are reported with similar data from other com-
ponents in Langley reports. (See the section in the
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Figure 4. Graphite-epoxy elevator on B-727.

bibliography under the base program on “Environ-
mental Effects and Flight Service.”)

Boeing B-727 elevator. The structural arrange-
ment of the composite elevator on the B-727 is
shown in figure 4; additional details are available
in reference 8. Boeing selected a design featuring
a honeycomb-stiffened skin and a conventional man-
ufacturing process in which individual elements were
autoclave cured and then mechanically assembled.
Five shipsets (10 elevators) were manufactured for
flight service, which began in March 1980. As for
the DC-10 rudder, service data are reported in Lang-
ley reports listed under “Environmental Effects and
Flight Service” in the bibliography. Boeing credits
successful development of the elevator with providing
the confidence and experience needed to use compos-
ite components on the B-757 and B-767 transports.

Lockheed L-1011 inboard aileron. The aileron
structure is located behind the wing engines on
the L-1011 and has the structural arrangement
shown in figure 5. Details of the composite aileron
design, manufacture, and testing are given in
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reference 9. Aileron manufacture and assembly were
performed by AVCO Corporation under subcontract
to Lockheed. This contractual arrangement was
similar to that for the L-1011 metal wing structure.
The composite aileron features innovative sandwich
cover panels with cores constructed of epoxy syntac-
tic foam. Five shipsets of ailerons were manufactured
for flight service, which began in March 1982. An-
nual flight service summaries are published as NASA
Contractor Reports, while cumulative data appear in
Langley compilations.

Lockheed L-1011 vertical fin. The L-1011 vertical
fin was the first medium primary composite structure
developed; the contract was awarded in 1975. Work
began under auspices of the Langley base technology
program and was later transferred to the ACEE
Program. The development was a joint effort by
Lockheed’s California and Georgia Companies.

The fin, shown in figure 6, is a conventional
two-spar structure with interspar ribs and stiffened-
skin panels. The composite design incorporated hat-
stiffened skin panels and C-section spars. Mechan-
ical fasteners were used extensively in assembly of
subelements. Reference 10 summarizes the design,
manufacture, and testing of the composite fin. In
addition to extensive development tests, Lockheed

4
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Figure 7. Composite elements used for Production Readi-
ness Verification Tests.
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(Linear dimensions are in

conducted a study called Production Readiness Ver-
ification Tests. This study, reported in reference 11,
provides valuable information on strength variations
in composite elements (shown in fig. 7) before and
after exposure to simulated flight environments.

After a lengthy and problem-plagued develop-
ment, the fin program concluded with full-scale tests.
The composite fin experienced a failure at less than
design ultimate load during static testing, the fail-
ure resulting from unanticipated secondary loading
effects. The failure and corrective action are dis-
cussed in reference 12, which also discusses failure
events experienced by the Boeing and Douglas em-
pennage components. Static and fatigue tests were
successfully completed on a second test article. The
full-scale tests were performed, documented, and wit-
nessed in accordance with FAA certification require-
ments, but flight testing was not performed.

Boeing B-737 horizontal stabilizer. Boeing’s en-
try in medium primary structure development was
the horizontal stabilizer on the B-737, the smallest
airplane of their transport family. The stabilizer,
shown in figure 8, is the two-spar torque box struc-
ture widely used in transport aircraft. The stabi-
lizer is connected to carry-through structure by pin
joints at the side of the fuselage. This design fea-
ture was particularly fortuitous because it allowed
the composite stabilizer to be designed as a straight-
forward replacement item for the standard aluminum
alloy stabilizer. Boeing pursued a conservative ap-
proach by fabricating cover panels, spars, and ribs as
subassemblies and joining them with mechanical
fasteners. The design, development, testing, and fab-
rication are summarized in reference 13.

The composite stabilizer experienced a struc-
tural failure during fail-safe tests required for FAA
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Figure 9. Advanced composite horizontal stabilizer installed
on B-737 for airline service.

certification (see ref. 12). After deficiencies were cor-
rected, the stabilizer was certificated for flight ser-
vice. Full-scale test results and production data from
the five shipsets manufactured for commercial service
are given in reference 14.

Figure 9 depicts a major milestone in the ACEE
Program, the date when the composite stabilizers en-
tered airline service. After years of effort, composite
primary structures were a practical reality!

Douglas DC-10 vertical stabilizer. The verti-
cal stabilizer on the DC-10 was the only Douglas
structure that met technical and cost considera-
tions for ACEE development, but the component af-
forded considerably less than optimum opportunities
to demonstrate the advantages of composite materi-
als. The metal stabilizer is a four-spar design with
minimum gage skin panels. As a retrofit structure,
the composite stabilizer was constrained to existing
substructure and attachment interfaces. In addition,
Douglas opted for a nonbuckling composite struc-
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Figure 10. Graphite-epoxy vertical stabilizer on DC-10.
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Figure 11. Relative weight and cost of metal transport wing
and fuselage components.

ture. With these constraints, achieving significant
weight savings was a formidable challenge that led
to the complex design shown in figure 10 and de-
scribed in reference 15. The stabilizer spars and ribs
were joined in a complicated secondary bonding op-
eration to avoid the weight of metal fasteners. The
honeycomb skin panels were bolted to the spar-rib
substructure.

Development of the DC-10 composite stabilizer
took considerably more time than expected. Fabrica-
tion problems and a test failure (see ref. 12) occurred.
Nevertheless, the major goals have been achieved,
and the development was successfully accomplished.
The stabilizer received FAA certification in 1986 and
entered commercial flight service in January 1987.

Wing and Fuselage Technology

From the outset, the goal of the ACEE Pro-
gram was to develop and validate composite wing
and fuselage structures. Figure 11 shows that
these structures comprise about three-fourths of the
aircraft structural weight, and thus weight savings
in these components could significantly reduce fuel

5
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usage. The high relative cost of the metal fuse-
lage dictated a strategy of using composites to re-
duce manufacturing cost. For the wing, the relative
cost of metal would be hard to better, but the po-
tential weight savings from composites could offset
a higher relative cost and, thus, make composites
economically viable.

When the ACEE Program began, development
of a full-scale composite wing was expected to be
underway by 1980, and development of a compos-
ite fuselage shortly thereafter. Events did not un-
fold as planned. The unanticipated issue of carbon
fiber risk to electrical systems (ref. 16) required time
and money to resolve. (See section entitled “Car-
bon Fiber Risk Assessment.”) Also, experience with
the medium primary components indicated that im-
provements were needed in design and analysis of
composite structures and in the composite materials
themselves. The latter issue triggered an intensive
development of new toughened composite materials
by industry and government. Under ACEE auspices,
standard tests (ref. 17) and a specification (ref. 18)
were established for toughened composite materials.
The Langley Research Center instituted focused re-
search (ref. 19) on tough composite materials.

Despite setbacks, NASA development of compos-
ites technology for transport wing and fuselage struc-
tures began in 1981. However, the approach differed
from that followed for secondary and medium pri-
mary structures. Instead of designing and manufac-
turing full-size components as direct replacements for
metal, the program focused on smaller but full-scale
segments as shown in figure 12. Thus, technology val-
idation would be achieved by short-span wing boxes
and fuselage barrel sections.

For a composite wing, preparations began in 1978
with design trade-off studies by Boeing, Douglas, and
Lockheed (see bibliography for reports). The first
step in the actual development was to address long-
lead-time key technology issues. Figure 13 depicts
the investigations performed, which achieved con-

6

siderable success. Douglas devised joint designs for
heavily loaded wing structures and developed appro-
priate analysis methods. In demonstration tests, the
joints achieved a strain to failure of 0.005, a signif-
icant improvement over existing designs. Lockheed
addressed the system requirements for “wet wing”
such as fuel containment and lightning protection.
Methods to prevent fuel leakage and lightning ef-
fects degradation were demonstrated. Boeing de-
vised wing panels that achieved post-impact com-
pression stresses of 50000 psi at strains of 0.006.
These panels incorporated innovative damage limit-
ing features in the skin and stiffeners. Also, a repair
investigation was performed. New toughened resin
composite materials were used and evaluated by the
contractors. Data on these materials are included in
contractor reports listed in the bibliography.

Having achieved success in the wing key tech-
nology contracts, NASA proceeded with the second
phase: the development and demonstration of large-
scale components. Major programs to design, fabri-
cate, and test wing box components were begun with
Lockheed and Douglas in 1984. One such component
is shown in figure 14. References 20 and 21 describe
the two programs. However, in early 1985, NASA
deleted future contract funds and thereby termi-
nated composite wing development under the ACEE
Program.

Concurrent with the wing technology work,
NASA began to develop technology for composite
fuselage applications. Studies completed in 1984
identified major technology voids and areas of con-
cern. Following these studies, contract work began to
address the specific design issues of damage tolerance
(Boeing), impact dynamics and acoustic transmis-
sion (Lockheed), and large cutouts (Douglas). The
Boeing contract included a second phase which was
to involve design, fabrication, and testing of full-
scale fuselage panels. However, with ACEE Pro-
gram funds deleted, fuselage development was dis-
continued. Work completed by Boeing, Lockheed,
and Douglas is reported in references 22, 23, and 24.

Langley Base Technology Program

For decades the Langley Research Center has en-
gaged in materials and structures research. Analysis
methods and designs developed at Langley for metal
structures are widely used in the aerospace industry.
Likewise, Langley has played a leading role in the
development of composite materials and their appli-
cation to aerospace structures. In contrast to the
major component developments pursued under the
ACEE Program, the Langley program is focused on
basic or generic technology development. The multi-
disciplinary nature of this base program is depicted in
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in development of

figure 15. Within the various disciplines, the research
is performed by Langley scientists and by specialists
working under grants and contracts.

Intense research in composites was performed by
Langley during the ACEE era from 1976 to 1985. Im-
petus for this research came from the ACEE Program
and from major development efforts by the Depart-
ment of Defense. Cooperative research on helicopter
structures was conducted with the U.S. Army. Dur-
ing those years, various universities obtained support
and guidance from Langley in wide-ranging research.
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The results of this research are presented in a large
number of reports covering a range of subjects.

These reports are presented in the annotated
bibliography under “Langley Base Technology.” The
reports are grouped into subsections such as design
and analysis or fatigue and fracture. It is impractical
to present results in this paper from such a large
and diverse data source. Therefore, the following
paragraphs present brief summaries of the scope
and direction of Langley research. The intent is to
provide a reference as to what was done, who did it,
and where results are published.

Structural Design, Analysis, and Evaluation

Design, test, and analysis of elements, particu-
larly panels, are fundamental activities in structures
research. Composite panels have, therefore, been the
focus for Langley research, and the test data (fig. 16)
have been compared with metal panel data acquired
over many years. The figure of merit in such com-
parisons is weight saved. Reference 25 is typical
of the many reports available on composite element
evaluation.

Design synthesis (ref. 26) and analysis (ref. 27)
involving computer codes are important features of
the Langley research. Structural optimization codes
developed at Langley, such as PASCO, are available
for composite design. Computer codes have been ap-
plied to the design of curved stiffened panels (fig. 17)
which have application to fuselage structure. In these
designs, the skin between adjacent stiffeners is per-
mitted to buckle under normal operating loads.

Damage Tolerance

In contrast to metals, carbon fiber composites are
essentially brittle materials; that is, they do not yield

7
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at local regions of high stress concentration which oc-
curs around notches and cutouts or at impact damage
sites. With the application of composites to heavily
loaded primary structures, damage tolerance became
a critical issue. Structures which have suffered either
invisible or barely visible damage must be designed
to be adequately strong. Methods to contain dam-
age (ref. 28) and to minimize its effects (ref. 29) have
been investigated at Langley and elsewhere. Also,
the damage tolerance issue spurred efforts to develop
new composite materials with improved toughness
(see fig. 18).

Fatigue, Fracture, and Delamination
Mechanics

Fatigue and fracture of structures are other funda-
mental research activities that have been conducted
at Langley for many years. As composite materials
became increasingly important, the focus of the re-
search shifted from metals to composites.

The classical issues of fatigue and fracture
(ref. 30) have been pursued under the Langley pro-
gram. As depicted in figure 19, the research is aimed
at obtaining a fundamental understanding of mate-
rial behavior under cylic loading. The results are
expected to guide structural applications and new
material developments.

In addition to the classical failure mechanisms,
composites are subject to failure by delamination.
Delamination analyses (ref. 31) and evaluation
(ref. 32) have received considerable emphasis in the
Langley base technology program.

Environmental Effects and Flight Service

Environmental durability was recognized early in
the Langley program as a key issue in the future
application of composite materials. The aircraft in-
dustry had experienced material durability problems
(such as corrosion and stress corrosion) and would,
therefore, be conservative in adopting yet another
new material. To provide data to resolve the issue,
extensive investigations were begun to determine how
composite materials reacted to various fluids, sun-
light, and ground and flight environments.

The investigations have involved specimens rang-
ing from small coupons (fig. 20) to full-scale air-
craft and helicopter components (fig. 21). Specimen
and component exposures have been conducted on
a world-wide basis. Analytical methods have been
developed to predict material response to moisture
with and without sunlight. Environmental effects
data {rcf. 33) and compilatious of flight service expe-
rience (ref. 34) are reported periodically.

The flight service data now total millions of flight
hours. (See table 1 for the latest compilation.)
These data have been instrumental in establishing
confidence in the application of composites to aircraft
and helicopter structures.

Material Processing, Properties, and Test
Methods

The material processing research performed in
the Langley base program includes processing science
and fundamental studies of resins and fibers. The
processing science involves process chemistry, rheol-
ogy, and cure mechanics (ref. 35). Novel material
forms and fabrication methods (ref. 36) have been de-
veloped in laboratory-scale studies and experiments.
Full-scale manufacturing tools and methods are not
developed in the Langley program; information on
such activities is available in ACEE documents or
from Department of Defense (DOD) contracts.

The compilation of material properties or the de-
velopment of design data is not a major element of
the Langley base program. The Langley approach
has been to develop technology rather than exten-
sive data bases. Nonetheless, about 19 documents
containing material property data are cited in the
bibliography. Also, NASA has provided funds for
the DOD/NASA Advanced Composites Design Guide
(ref. 37). ACEE component data are included in
the DOD/NASA Structural Composites Fabrication
Guide (ref. 38).

Test methods have been developed as neces-
sary adjuncts to experimental research in materials
and structures. Over 40 documents dealing with
test methods are cited in the bibliography. Tests
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Figure 18. Program to improve toughness of composite materials.

Figure 19. Fatigue analysis of composites.

ORIGiNAL
OF POOR QU

"8
£

Ev}-.‘{-
di




5.7 37 SPOILERS~UNLOADED

RACK LOCATIONS

sHonoluly

{3‘ Wellingten

Figure 20. Environmental exposure of composite components used in flight service evaluations.

L-1011 FAIRING B-737 SPOILER

¢

CH-54 B FUSELAGE 206 L DOORS AND FAIRING

DC-10 RUDDER AND AFT PYLON C-130 WING BOX

Figure 21. Flight service evaluation of composite structural components.
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Figure 23. Test machines for outdoor test of wing joints.

developed by NASA for evaluating composite mate-
rials are shown in figure 22 and described in refer-
ence 17.

Joints and Cutouts

Research on joints and cutouts has ranged from
sophisticated finite element analyses (ref. 39) to
simple strength tests (ref. 40). Data have been ob-
tained for both bolted and bonded joints and for var-
ious materials: graphite-epoxy, graphite-polyimide,
and Du Pont Kevlar-epoxy. Specialized test ma-
chines (see fig. 23) have been used to obtain long-
term durability data on wing-skin splices subjected
to outdoor exposure under load.

Impact Dynamics and Acoustics

Experimental and analytical efforts are underway
at Langley to investigate the response of composite
structures under crash loading conditions. Among
the areas being addressed are energy absorption,
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tearing of skin panels, friction and abrasion of com-
posite materials, and dynamic response of structural
elements. A discussion of the research underway is
presented in reference 41, while the results of some
fundamental research in energy absorption are given
in reference 42.

Acoustic effects are anticipated to be a major is-
sue in the application of composites to fuselage struc-
tures. Research (ref. 43) is underway to characterize
the materials and to determine the response of typ-
ical structures. Figure 24 shows a filament-wound
composite cylinder produced under the ACEE Pro-
gram (ref. 23) undergoing acoustic testing at Langley.

Graphite-Polyimide and Polymer Development

In addition to research involving epoxy-matrix
composites, Langley has worked for years on high-
temperature polymer-matrix materials. These ma-
terials include polyimides, thermoplastics, and other
novel polymers that are processed at higher tempera-
tures than the 350°F maximum typical of structural
epoxies. Initial impetus to this research was pro-
vided by a project called Composites for Advanced
Space Transportation Systems (CASTS) described in
reference 44. This work, which began in 1975, was
to develop graphite-polyimide structures with 600°F
operational capability for application to vehicles such
as the Space Shuttle.

More recently the high-temperature polymer re-
search has focused on advanced polymer synthesis
(fig. 25) and characterization methodology to develop
novel polymeric materials. The new materials are for
applications such as matrices for composites, adhe-
sives, and films for spacecraft (refs. 45 and 46).

Materials and Structures for Helicopters

The helicopter composites program at Langley is
a joint effort by NASA and the U.S. Army Aerostruc-
tures Directorate. The research is focused on ba-
sic technology rather than on major hardware de-
velopment, which the Army pursues elsewhere. The
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Figure 25. Tailoring of polymer structures to control polymer properties.
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Figure 27. Composite truss for space applications.

Langley program has developed components for flight
service evaluation (fig. 26) and selected structural
elements.

General Aviation Research

Although the technology development in the
ACEE and Langley base programs is applicable to
general aviation aircraft, there are few instances of
composites research specifically directed to general
aviation aircraft. Plans were generated periodically
for an increased focus on research in structures and
materials for general aviation, but these plans were
never implemented.

Repair Methods

The Langley base program has not emphasized all
areas of composites research. Repair methods have
been limited to generic investigations cited in the bib-
liography. However, research on bonding and adhe-
sives cited under “Materials Development and Pro-
cessing” (see ref. 36) has direct application to repair
of composites. A recent investigation of repaired lam-
inates after outdoor exposure under load is reported
in reference 47. These laminates were exposed in the
specialized machines shown in figure 23.

Space Applications

Composite materials have desirable attributes for
use in space. Low mass is obviously important.
In addition, composites possess thermal and dimen-
sional stability. Langley has extensively investi-
gated Space Station truss members fabricated from
graphite fiber composites. Figure 27 shows a compos-
ite truss assembled for ground testing. Considerable
research has been conducted on the effect of space
radiation on resin-matrix composites (see ref. 48).
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Figure 28. Benefits of “all composite” transport aircraft.

Carbon Fiber Risk Assessment

The potential risk to electrical systems posed by
the accidental release of carbon fibers became an is-
sue in the late 1970’s. NASA, one of several agencies
involved in a risk assessment, was responsible for the
aviation aspects of the potential problem. The Lang-
ley Research Center directed an intense and com-
prehensive analytical and experimental investigation
which showed conclusively (ref. 16) that the risk was
insignificant.

Concluding Remarks

The period from 1975 to 1986 was the golden
age of composites research in the United States.
Exciting, almost revolutionary, developments were
achieved in composite materials and structures. Mil-
itary aircraft now routinely employ composite struc-
tures and expanded applications on new aircraft are
certain. In commercial transports, applications are
not as aggressive, but secondary structures are in
production for airplanes such as the Boeing B-757
and B-767 and the Douglas MD-80.

During this period, the development and exploita-
tion of composites technology became a national
effort involving scientists and engineers in govern-
ment, industry, and universities. The ACEE Pro-
gram served as a strategic center of gravity providing
the national effort with coherence and clear objec-
tives. Other major elements in the total effort, such
as Langley’s base research, drew upon the ACEE
Program for funding or focus.

The ACEE Program was terminated prior to ac-
complishment of its major goals. No commitment
has yet been made to use composite primary struc-
tures in transport aircraft, either military or commer-
cial. The benefits listed in figure 28 that accrue for a
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composite transport appear feasible, but the critical
issues of affordable technology remain unanswered.
The Langley base program continues to provide sig-
nificant technology, but a base program alone will
never resolve all the issues.

NASA Langley Research Center
Hampton, VA 23665-5225
May 22, 1987

References

1.

10.

11.

12.

Heldenfels, R. R.: Recent NASA Progress in Composites.
NASA TM X-72713, 1975.

Povinelli, Frederick P.; Klineberg, John M.; and Kramer,
James J.: Improving Aircraft Energy Efficiency. Astro-
naut. & Aeronaut., vol. 14, no. 2, Feb. 1976, pp. 18-31.
Leonard, Robert W.; and Wagner, Richard D.: Air-
frame Technology for Energy Efficient Transport Air-
craft. [Preprint] 760929, Soc. Automotive Engineers,
Nov.-Dec. 1976.

Middleton, David B.; Bartlett, Dennis W.; and Hood,
Ray V.: Energy Efficient Transport Technology—Program
Summary and Bibliography. NASA RP-1135, 1985.
Ekvall, J. C.; and Griffin, C. F.: Design Allowables
for T300/5208 Graphite/Epoxy Composite Materials.
Technical Papers—22nd AIAA Structures, Structural Dy-
namics and Materials Conference, Part 1, Apr. 1981,
pp. 416-422. (Available as ATAA-81-0541.)

Lehman, George M.; et al.: Advanced Composite Rudders
for DC-10 Aircraft—Design, Manufacturing, and Ground
Tests. NASA CR-145068, [1976].

Hart-Smith, L. J.: Lessons Learned From the DC-10
Carbon-Epoxy Rudder Program. McDonnell Douglas
paper presented to 1986 SAE Aerospace Technology
Conference and Exposition (Long Beach, California),
Oct. 1986. (Available as Douglas Paper 7734.)

Chovil, D. V.; Harvey, S. T.; McCarty, J. E.; Desper,
0. E.; Jamison, E. S.; and Syder, H.: Advanced Compos-
ite Elevator for Boeing 727 Aircraft. Volume I—Technical
Summary. NASA CR-3290, 1981.

Griffin, C. F.; and Dunning, E. G.: Development of
an Advanced Composite Aileron for the L-1011 Transport
Arrcraft. NASA CR-3517, 1982.

Jackson, A. C.. Advanced Composite Vertical Fin for
L-1011 Avrcraft—Design, Manufacture, and Test (Ezec-
utive Summary). NASA CR-3816, 1984.

James, Arthur M.; and Bohon, Herman L.: Produc-
tion Readiness Verification Testing. Advances in Com-
posite Materials, Volume 2, A. R. Bunsell, C. Bathias,
A. Martrenchar, D. Menkes, and G. Verchery, eds., Perg-
amon Press Ltd., ¢.1980, pp. 1059-1074.

Bohon, H. L.; Chapman, A. J., III; and Leybold, H. A.:
Ground Test Experience With Large Composite Struc-
tures for Commercial Transports. National Specialists’
Meeting on Composite Structures, American Helicopter
Soc., Mar. 1983, Paper B-ME-83-08-8000. (Available as
NASA TM-84627.)

13.

14.

15.

16.

17.

18.

19.

20.

21.

22.

23.

24.

25.

26.

27.

28.

Aniversario, R. B.; Harvey, S. T.; McCarty, J. E.; Par-
sons, J. T.; Peterson, D. C.; Pritchett, L. D.; Wilson,
D. R.; and Wogulis, E. R.: Design, Ancillary Testing,
Analysis, and Fabrication Data for the Advanced Com-
posite Stabilizer for Boeing 787 Aircraft. Volume I—
Technical Summary. NASA CR-3648, 1983.

Aniversario, R. B.; Harvey, S. T.; McCarty, J. E.; Par-
sons, J. T.; Peterson, D. C.; Pritchett, L. D.; Wilson,
D. R.; and Wogulis, E. R.: Full-Scale Testing, Produc-
tion, and Cost Analysis Data for the Advanced Composite
Stabilizer for Boeing 737 Awrcraft. Volume I—Technical
Summary. NASA CR-3649, 1983.

Stephens, C. O.: Advanced Composite Vertical Stabilizer
for DC-10 Transport Aircraft. ACEE-03-PR-9642 (DRL
Item No. 005){Contract NAS1-14869), Douglas Aircraft
Co., Jan. 22, 1979. (Available as NASA CR-172780.)
Risk Analysis Program Office: Risk to the Public From
Carbon Fibers Released in Civil Aircraft Accidents. NASA
SP-448, 1980. )
ACEE Composites Project Office, compiler: Standard
Tests for Toughened Resin Composites—Revised Fdition.
NASA RP-1092, 1983. (Supersedes NASA RP-1092,
1982.)

ACEE Composites Project Office, compiler: NASA/
Avrcraft Industry Standard Spectfication for Graphite
Fiber/Toughened Thermoset Resin Composite Material.
NASA RP-1142, 1985.

Vosteen, Louis F.; Johnston, Norman J.; and Teichman,
Louis A., compilers: Tough Composite Materials. NASA
CP-2334, 1984.

Klotzche, M., compiler: ACEE Composite Structures
Technology. NASA CR-172359, 1984.

James, A. M., compiler: ACEE Composite Structures
Technology. NASA CR-172360, 1984.

Smith, P. J.; Thomson, L. W_; and Wilson, R. D.: Devel-
opment of Pressure Containment and Damage Tolerance
Technology for Composite Fuselage Structures in Large
Transport Avrcraft. NASA CR-3996, 1986.

Jackson, A. C.; Balena, F. J.; LaBarge, W. L.; Pei, G.;
Pitman, W. A.; and Wittlin, G.: Transport Compos-
ite Fuselage Technology—Impact Dynamics and Acoustic
Transmission. NASA CR-4035, 1986.

Sumida, P.; et al.: Test Results for Composite Spectmens
and Elements Containing Joints and Cutouts. NASA CR-
178246, 1987.

Starnes, James H., Jr.; and Williams, Jerry G.:
Failure Characteristics of Graphite-Epoxy Structural
Components Loaded in Compression. Mechantcs of
Composite Materials—Recent Advances, Zvi Hashin and
Carl T. Herakovich, eds., Pergamon Press Inc., c.1983,
pp. 283-306.

Stroud, W. Jefferson: Optimization of Composite Struc-
tures. NASA TM-84544, 1982.

Stein, Manuel: Postbuckling of Orthotropic Composite
Plates Loaded in Compression. A Collection of Technical
Papers—28rd Structures, Structural Dynamics and Mate-
rials Conference, Part 1—Structures and Materials, May
1982, pp. 479-486. (Available as AIAA-82-0778.)

Poe, C. C., Jr.; and Kennedy, J. M.: An Assessment
of Buffer Strips for Improving Damage Tolerance of

15



29.

30.

31.

32.

33.

34.

35.

36.

37.

16

Composite Laminates. J. Compos. Mater. Suppl., vol. 14,
1980, pp. 57-70.

Smith, Peter J.; and Wilson, Robert D. (appendix by
M. N. Gibbins, P. J. Smith, and R. D. Wilson): Damage
Tolerant Composite Wing Panels for Transport Aircraft.
NASA CR-3951, 1985.

Ramkumar, R. L.; Kulkarni, S. V.; and Pipes, R. B.:
Evaluation and Ezpansion of an Analytical Model for
Fatigue of Notched Composite Laminates. NASA CR-
145308, 1978.

Whitcomb, John D.; and Raju, Ivatury S.: Analysis
of Interlaminar Stresses in Thick Composite Laminates
With and Without Edge Delamination. Delamination
and Debonding of Materials, W. S. Johnson, ed., Spec.
Tech. Publ. 876, American Soc. for Testing and Materi-
als, c.1985, pp. 69-94.

O’Brien, T. Kevin; Johnston, N. J.; Raju, 1. S.; Mor-
ris, D. H.; and Simonds, R. A.: Comparisons of Var-
tous Configurations of the Edge Delamination Test for
Interlaminar Fracture Toughness. NASA TM-86433,
USAAVSCOM TM-85-B-3, 1985.

Chapman, Andrew J.; Hoffman, Daniel J.; and Hodges,
W. Todd: Effects of Commercial Aircraft Operating
Environment on Composite Materials. The 1980’s—
Payoff Decade for Advanced Materials, Volume 25 of Na-
tional SAMPE Symposium and Ezhibition, Soc. for Ad-
vancement of Material and Process Engineering, c.1980,
pp. 737-751.

Dexter, H. Benson: Composite Components on Commer-
cial Avrcraft. NASA TM-80231, 1980.

Loos, Alfred C.; and Freeman, William T., Jr.: Resin
Flow During Autoclave Cure of Graphite-Epoxy Com-
posites.  High Modulus Fiber Composites in Ground
Transportation and High Volume Applications, D. W.
Wilson, ed., ASTM Spec. Tech. Publ. 873, c¢.1985,
pp. 119-130.

Stein, Bland A.; Hodges, William T.; and Tyeryar,
James R.: Rapid Adhesive Bonding of Advanced Com-
posites and Titanium. AIAA-85-0750-CP, Apr. 1985.
DOD/NASA Advanced Composites Design Guide. Vol-
umes I to IV, First ed. AFWAL, U.S. Air Force, July

38.

39.

40.

41.

42.

43.

44.

45.

46.

47.

48.

1983. (Available from DTIC as AD B080 181L to
AD B08O 184L.)

Meade, L. E. “Roy”: DOD/NASA Structural Com-
posites Fabrication Guide. Volumes I and II, 8rd ed.:
AFWAL-TR-85-4107, Vols. I & II, U.S. Air Force, Sept.
1982. (Available from DTIC as AD B096 021L & AD
B096 022L.)

Crews, John H., Jr.; Hong, C. S.; and Raju, I. S.: Stress-
Concentration Factors for Finite Orthotropic Laminates
With a Pin-Loaded Hole. NASA TP-1862, 1981.
Hart-Smith, L. J.: Bolted Joints in Graphite-Epoxy Com-
posites. NASA CR-144899, 1976.

Carden, Huey D.: Impact Dynamics Research on Com-
posite Transport Structures. NASA TM-86391, 1985.
Farley, Gary L.: Energy Absorption of Composite Materi-
als. NASA TM-84638, AVRADCOM TR-83-B-2, 1983.
Roussos, Louis A.; Grosveld, Ferdinand W.; Koval,
Leslie R.; and Powell, Clemans A.: Noise Transmission
Characteristics of Advanced Composite Structural Ma-
terials. ATAA-83-0694, Apr. 1983.

Davis, John G., Jr., compiler: Composites for Ad-
vanced Space Transportation Systems—(CASTS). NASA
TM-80038, 1979.

Hergenrother, P. M.; and Johnston, N. J.: Status of
High-Temperature Laminating Resins and Adhesives.
Resins for Aerospace, Clayton A. May, ed., ACS Sym-
posium Series 132, American Chemical Soc., 1980,
PP. 3-13.

St. Clair, Anne K.; and St. Clair, Terry L.: A Multi-
Purpose Thermoplastic Polyimide. SAMPE Q., vol. 13,
no. 1, Oct. 1981, pp. 20-25.

Deaton, Jerry W.: Residual Strength of Repaired
Graphite/Epoxy Laminates After 3 Years of Qutdoor
Exposure. NASA paper presented to Second DOD/
NASA Composites Repair Technology Workshop (San
Diego, California), Nov. 1986.
Bowles, David E.; Tompkins, Stephen S.; and Sykes,
George F.: Electron Radiation Effects on the Thermal

Expansion of Graphite/Resin Composites. AIAA-84-
1704, June 1984.




Table 1. NASA Composite Structures Flight Service Summary
[Summary as of March 1987]

Cumulative flight hours
Total no. of Start of Highest time
components flight on one
Aircraft component (a) service aircraft Total
L-1011 fairing panels 18 (15) January 1973 39210 599 240
B-737 spoiler 108 (47) July 1973 38 560 2380550
C-130 center wing box 2 (2 October 1974 8340 16430
DC-10 aft pylon skin 3 (2 August 1975 33240 83 440
DC-10 upper aft rudder b15  (12) April 1976 39400 350210
B-727 elevator 10 (8) March 1980 21980 184940
L-1011 aileron 8 (8) March 1982 16 890 128 060
B-737 horizontal stabilizer 10 (10) March 1984 8850 79040
DC-10 vertical stabilizer 1 (1) January 1987 — —
S-76 tail rotors and
horizontal stabilizer 14 (3) February 1979 5800 52 100
206L fairing, doors, and
vertical fin 160 (84) March 1981 7300 330000
CH-53 cargo ramp skin 1 (1) May 1981 1600 1600
Total . . . . . . .. 350 (193) 4205610

%Numbers in parentheses indicate number of components still in service.
bFive more rudders to be installed.
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Appendix
Bibliography of Composites Reports

The technical publications listed herein (with their abstracts) were generated in conjunction with the ACEE
Program and the Langley Research Center base composites technology program. Within these two main
categories, the documents are grouped into subsections according to subject matter and listed alphabetically
by author. The subsection titles, given in the “Contents,” parallel the subject areas discussed in the text. An
index by author is provided to increase the usefulness of this compilation.

The publications listed deal only with resin-matrix fibrous composite materials and with aerospace
applications. Metal-matrix and boron-epoxy materials are excluded.

The abstracts used are from the NASA Scientific and Technical Information System. License was taken
to modify or shorten abstracts. Accession numbers, report numbers, and other identifying information are
included in the citations to facilitate filling of requests for specific documents.

Availability sources of the different types of materials are as follows:

Availability
Accession number Type of material Where obtained
00A 00000 ATAA paper and published American Institute of
literature available from Aeronautics and
Example: ATAA or in journals, Astronautics
75A-25583 conferences, etc., as Technical Information
indicated Service
55 West 57th Street,
12th Floor
New York, NY 10019
00N00000 Report literature National Technical
having no distribution Information Service
Example: limitation (NTIS)
67N-37604 5285 Port Royal Road
Springfield, VA 22161
00X 00000 Report literature having NASA Scientific and
some type of distribution Technical Information
Example: limitation Facility (STIF)
72X76040 P. O. Box 8757

B.W.IL. Airport, MD 21240

A “#” after an accession number indicates that the document is also available in microfiche form.
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ACEE Composites Program

ACEE overviews and summaries

1. Bohon, H. L.; Chapman, A. J., III; and Ley-
bold, H. A.: Ground Test Ezperience With Large
Compostte Structures for Commercial Transports.
NASA TM-84627, Mar. 1983. (Presented at the
American Helicopter Society Composite Structures
Specialist’s Conference, Philadelphia, Pa., Mar. 23—
25, 1983.)

83N297324

The initial ground test of each component re-
sulted in structural failure at less than ultimate de-
sign loads. While such failures represent major pro-
gram delays, the investigation and analysis of each
failure revealed significant lessons for effective uti-
lization of composites in primary structure. Fore-
most among these are secondary loads that produce
through-the-thickness forces which may lead to se-
rious weaknesses in an otherwise sound structural
design.

2. Bohon, H. L.; and Davis, J. G., Jr.: Com-
posites for Large Transports—Facing the Challenge.
Aerospace America, vol. 22, June 1984, pp. 58-62.

84A36797#

NASA has undertaken development and test pro-
grams in order to remove existing barriers to the use
of composite material primary structures and to as-
sess their advantages in terms of both acquisition cost
and mission performance. These programs are ex-
pected to reach design technology readiness for wing
and fuselage structures by 1988.

3. James, R. L., Jr.; and Maddalon, D. V.
Airframe Technology for Awrcraft Energy Efficiency.
NASA TM-85749, Mar. 1984.

84N 181544

The economic factors that resulted in the im-
plementation of the Aircraft Energy Efficiency Pro-
gram (ACEE) are reviewed and airframe technology
elements including content, progress, applications,
and future direction are discussed. The program in-
cludes the development of laminar flow systems, ad-

vanced aerodynamics, active controls, and composite
structures.

4. James, R. L., Jr.; and Maddalon, D. V.:
The Drive for Aircraft Energy Efficiency. Aerospace
America, vol. 22, Feb. 1984, pp. 54-58.

84A 295694

L L N

NASA’s Aircraft Energy Efficiency (ACEE) Pro-
gram, which began in 1976, has mounted a devel-
opment effort in four major transport aircraft tech-
nology fields: laminar flow systems, advanced aero-
dynamics, flight controls, and composite structures.
Composite structures yield lighter airframes that in
turn call for smaller wing and empennage areas, re-
ducing induced drag for a given payload. In combi-
nation, all four areas of development are expected to
yield a fuel consumption reduction of 40 percent.

5. Leonard, R. W.: Fuel Efficiency Through New
Airframe Technology. NASA TM-84548, Aug. 1982.

85N 100004

In its Aircraft Energy Efficiency Program, NASA
has expended approximately 200 million dollars to-
ward development and application of advanced air-
frame technologies to United States commercial
transports. United States manufacturers have al-
ready been given a significant boost toward early
application of advanced composite materials to con-
trol surface and empennage structures and toward
selected applications of active controls and ad-
vanced aerodynamic concepts. In addition, signifi-
cant progress in definition and development of inno-
vative but realistic systems for transports has already
been made.

6. Leonard, R. W.; and Mulville, D. R.: Current
and Projected Use of Carbon Composites in United
States Aircraft. Paper presented at AGARD Spe-
cialists Meeting on Electromagnetic Effects of Car-
bon Composite Materials Upon Avionics Systems,
Lisbon, Portugal, June 16-19, 1980.

80A 34840+

Carbon composite materials are beginning to be
used in commercial transports, general aviation air-
craft, military fighter aircraft, and helicopters due
to demonstrated weight savings and potential manu-
facturing cost savings. Attention is given to current
production applications of carbon composites which
range from the secondary structures of new commer-
cial transports to wing primary structures of fighters.
Current development efforts are discussed that will
lead to their future application to fuselages, as well
as whole airframes. Finally, laminate constructions,
which vary widely, and may be relevant to avionics
system design, are examined.

7. Leonard, R. W.; and Wagner, R. D.: Airframe
Technology for Energy Efficient Transport Aircraft.
SAE Paper 760929, 1976.

T7A28234
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NASA has initiated a comprehensive Aircraft En-
ergy Efficiency Program which is concerned with the
development of approaches for reducing fuel con-
sumption in new aircraft of the 1980-2000 time pe-
riod. A review is presented of the airframe tech-
nologies selected for emphasis in the NASA program,
taking into account an evaluation of their potential
for reducing transport direct operating costs through
fuel efficiency. Attention is given to the importance
of fuel efficiency, the impact of advanced technology,
advanced composite structures, the NASA composite
primary structures program, advanced aerodynamics
and active controls, supercritical wing geometry, ac-
tive load and flutter control, and aspects of laminar
flow control.

8. Leonard, R. W.: Airframes and Aerodynam-
ics. Astronautics and Aeronautics, vol. 16, July—Aug.
1978, pp. 38—46.

T8A43359+#

The first part of the paper discusses the Energy
Efficient Transport Program of the Aircraft Energy
Efficiency (ACEE) Program, giving attention to the
development of active aerodynamics and active con-
trols. The second part of the paper deals with two
other portions of the ACEE Program: Composite
Primary Structures and Laminar Flow Control.

9. Maddalon, D. V.; and Wagner, R. D.: En-
ergy and Economic Trade Offs for Advanced Technol-
ogy Subsonic Aircraft. Proceedings of the 4th Annual
Intersociety Conference on Transportation (Los
Angeles, Calif., July 18-23), ASME, 1976.

T7A29471

Changes in future aircraft technology which con-
serve energy are studied, along with the effect of
these changes on economic performance. Among the
new technologies considered are laminar-flow control,
composite materials with and without laminar-flow
control, and advanced airfoils. Aircraft design fea-
tures studied include high-aspect-ratio wings, thick-
ness ratio, and range. Engine technology is held con-
stant at the JT9D level. It is concluded that wing as-
pect ratios of future aircraft are likely to significantly
increase as a result of new technology and the push
of higher fuel prices. Whereas current airplanes have
been designed for AR = 7, supercritical technology
and much higher fuel prices will drive aspect ratio to
the AR = 9-10 range. Composite materials may raise
aspect ratio to about 11-12 and practical laminar—
flow-control systems may further increase aspect ra-
tio to 14 or more. Advanced technology provides sig-
nificant reductions in aircraft take-off gross weight,
energy consumption, and direct operating cost.

10. Nagel, A. L.; Alford, W. J., Jr.; and Dugan,
J. F., Jr.: Future Long-Range Transports: Prospects
for Improved Fuel Efficiency. NASA TM X-72659,
Feb. 1975.

7T5N173394

A status report is provided on current thinking
concerning potential improvements in fuel efficiency
and possible alternate fuels. Topics reviewed are
(1) historical trends in airplane efficiency; (2) tech-
nological opportunities including supercritical aero-
dynamics, (3) vortex diffusers, (4) composite materi-
als, (5) propulsion systems, (6) active controls, and
terminal-area operations; (7) unconventional design
concepts; and (8) hydrogen-fueled airplanes.

11. Vosteen, L. F.: Composite Structures for’
Coumimercial Transport Aircraft. Paper presented at
the American Institute of Mining, Metallurgical and
Petroleum Engineers, 2nd International Conference
on Composite Materials, Toronto, Canada, Apr. 16—
20, 1978.

78A34901#

A description is provided of a NASA-industry
program which will lead to a more extensive use of
advanced composites. The approach being taken is to
develop, for existing aircraft, components which have
potential for significant weight savings. The design
of each of the considered components is described,
taking into account a graphite-epoxy rudder, an in-
board aileron, a graphite-epoxy elevator, a vertical
tail, a horizontal tail, and a vertical stabilizer.

12. Vosteen, L. F.: Composite Structures for
Commercial Transport Aiwrcraft. NASA TM-78730,
June 1978.

T8N27183+#

The development of graphite-epoxy composite
structures for use on commercial transport aircraft is
considered. Six components, three secondary struc-
tures, and three primary structures, are presently un-
der development. The six components are described
along with some of the key features of the composite
designs and their projected weight savings.

13. Vosteen, L. F.: Composite Aircraft Struc-
tures. Fibrous Composites in Structural Design,
Plenum Press, 1980, pp. 7-24.

82A27127
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In late 1975, the Aircraft Energy Efficiency
(ACEE) Program was initiated by NASA in order to
accelerate the development of selected technologies
which showed promise for substantial improvements
in the fuel efficiency of commercial transport aircraft.
A description is presented of the status of the com-
posite structure development programs which form
one of the six sections of the ACEE Program. Six
aircraft components are currently being developed
under NASA contract by three major transport man-
ufacturers. The components include the upper aft
rudder of the Douglas DC-10, the inboard ailerons of
the Lockheed L-1011, the elevators of the Boeing 727,
the vertical stabilizers for the Lockheed L-1011 and
Douglas DC-10, and the horizontal stabilizers of the
Boeing 737.

14. Wright, H. T.: NASA Technology Program
for Future Civil Air Transports. AIAA Paper 83-
1603, 1983.

83A33366

An assessment is made of the development status
of technology, applicable to future civil air transport
design, which is currently undergoing conceptual
study or testing at NASA facilities. The NASA civil
air transport effort emphasizes advance aerodynamic
computational capabilities, fuel-efficient engines, ad-
vanced turboprops, composite primary structure ma-
terials, advanced aerodynamic concepts in boundary
layer laminarization and aircraft configuration, re-
fined control, guidance and flight management sys-
tems, and the integration of all these design ele-
ments into optimal systems. Attention is given to
such novel transport aircraft design concepts as for-
ward swept wings, twin fuselages, sandwich compos-
ite structures, and swept blade propfans.

ACEE transport structures development

15. Alva, T.; Henkel, J.; Johnson, R.; Carll, B.;
Jackson, A.; Mosesian, B.; Brozovic, R.; O’Brien,
R.; and Eudaily, R.: Advanced Manufacturing Devel-
opment of a Composite Empennage Component for
L-1011 Aircraft. NASA CR-165885, May 1982.

85N111414#

This is the final report of technical work con-
ducted during the fourth phase of a multiphase pro-
gram. The empennage component selected for this
program is the vertical fin box of the L-1011 air-
craft. The box structure extends from the fuselage
production joint to the tip rib and includes front and
rear spars. During Phase 4 of the program, produc-
tion quality tooling was designed and manufactured
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to produce three sets of covers, ribs, spars, miscel-
laneous parts, and subassemblies to assemble three
complete ACVF units. Recurring and nonrecurring
cost data were compiled and documented.

16. Aniversario, R. B.; Harvey, S. T.; McCarty,
J. E.; Parsons, J. T.; Peterson, D. C.; Pritchett,
L. D.; Wilson, D. R.; and Wogulis, E. R.: Full-
Scale Testing, Production and Cost Analysis Data
for the Advanced Composite Stabilizer for Boeing 737
Avwrcraft, Volume 2. NASA CR-166012, Dec. 1982.

85N13915#

The development, testing, production activities,
and associated costs that were required to produce
5 1/2 advanced-composite stabilizer shipsets for Boe-
ing 737 aircraft are defined and discussed.

17. Aniversario, R. B.; Harvey, S. T.; McCarty,
J. E.; Parsons, J. T.; Peterson, D. C.; Pritchett,
L. D.; Wilson, D. R.; and Wogulis, E. R.: Design,
Ancillary Testing, Analysts and Fabrication Data for
the Advanced Composite Stabilizer for Boeing 737
Aitrcraft, Volume 2. NASA CR-166011, Dec. 1982.

85N13914#

Results of tests conducted to demonstrate that
composite structures save weight, possess long term
durability, and can be fabricated at costs competi-
tive with conventional metal structures are presented
with focus on the use of graphite-epoxy in the de-
sign of a stabilizer for the Boeing 737 aircraft. Com-
ponent definition, materials evaluation, material de-
sign properties, and structural elements tests are dis-
cussed. Fabrication development, as well as struc-
tural repair and inspection, is also examined.

18. Aniversario, R. B.; Harvey, S. T.; McCarty,
J. E.; Parsons, J. T.; Peterson, D. C.; Pritchett,
L. D.; Wilson, D. R.; and Wogulis, E. R.: Design,
Ancillary Testing, Analysis and Fabrication Data for
the Advanced Composite Stabilizer for Boeing 787
Aircraft. Volume 1: Technical Summary. NASA
CR-3648, Apr. 1983.

85N139134

The horizontal stabilizer of the 737 transport
was redesigned. Five shipsets were fabricated us-
ing composite materials. Weight reduction greater
than the 20% goal was achieved. Parts and assem-
blies were readily produced on production-type tool-
ing. Quality assurance methods were demonstrated.
Repair methods were developed and demonstrated.
Strength and stiffness analytical methods were sub-
stantiated by comparison with test results. Cost data
were accumulated in a semiproduction environment.
FAA certification was obtained.




19. Aniversario, R. B.; Harvey, S. T.; McCarty,
J. E.; Parsons, J. T.; Peterson, D. C.; Pritchett,
L. D.; Wilson, D. R.; and Wogulis, E. R.: Full-
Scale Testing, Production and Cost Analysis Data
for the Advanced Composite Stabilizer for Boeing 737
Aircraft. Volume 1: Technical Summary. NASA
CR-3649, Apr. 1983.

85N 139124

The full scale ground test, ground vibration test,

and flight tests conducted to demonstrate a compos-
ite structure stabilizer for the Boeing 737 aircraft
and obtain FAA certification are described: Detail
tools, assembly tools, and overall production are dis-
cussed. Cost analyses aspects covered include pro-
duction costs, composite material usage factors, and
cost comparisons.
20. Ary, A Axtell, C.; Fogg, L.; Jackson,
A.; James, A. M.; Mosesian, B.; Vanderwier, J.;
and Vanhamersveld, J.: Flight Service Evaluation of
an Advanced Composite Empennage Component on
Commercial Transport Aircraft. Phase 1: Engineer-
tng Development. NASA CR-144986, May 1976.

78N23080+#

The empennage component selected for this pro-
gram is the vertical fin box of the L-1011 aircraft.
The box structure extends from the fuselage pro-
duction joint to the tip rib and includes the front
and rear spars. Various design options were evalu-
ated to arrive at a configuration which would offer
the highest potential for satisfying program objec-
tives. The preferred configuration selected consists of
a hat-stiffened cover with molded integrally stiffened
spars, aluminum trussed composite ribs, and compos-
ite sandwich web ribs with integrally molded caps.
Material screening tests were performed to select
an advanced composite material system for the Ad-
vanced Composite Vertical Fin (ACVF) that would
meet the program requirements from the standpoint
of quality, reproducibility, and cost.

21. Chovil, D. V.; Harvey, S. T.; McCarty,
J. E.; Desper, O. E.; Jamison, E. S.; and Syder,
H.: Advanced Composite Elevator for Boeing 727
Aurcraft. Volume 1: Technical Summary. NASA
CR-3290, Nov. 1981.

84N27722#

The design, development, analysis, and testing
activities and results that were required to produce
five and one-half shipsets of advanced composite ele-
vators for Boeing 727 aircraft are summarized. Dur-
ing the preliminary design period, alternative con-

cepts were developed. After selection of the best de-
sign, detail design and basic configuration improve-
ments were evaluated. All program goals (except
competitive cost demonstration) were accomplished
when our design met or exceeded all requirements,
criteria, and objectives.

22. Chovil, D. V.; Grant, W. D.; Jamison,
E. S.; Syder, H.; Desper, O. E.; Harvey, S. T.; and
McCarty, J. E.: Advanced Composite Elevator for
Boeing 727 Aircraft, Volume 2. NASA CR-159258,
Nov. 1980.

83N16330#

Preliminary development efforts consisted of eval-
uating and selecting material, identifying ancillary
structural development test requirements, and defin-
ing full scale ground and flight test requirements.
necessary to obtain Federal Aviation Administration
(FAA) certification. After selection of the optimum
elevator configuration, detail design was begun and
included basic configuration design improvements re-
sulting from manufacturing verification hardware,
the ancillary test program, weight analysis, and
structural analysis. Detail and assembly tools were
designed and fabricated to support a full-scope pro-
duction program, rather than a limited run.

23. Cominsky, A.: Manufacturing Development
of DC-10 Advanced Rudder. NASA CR-159060, Aug.
1979.

81N27077#

The design, manufacture, and ground test activ-
ities during development of production methods for
an advanced composite rudder for the DC-10 trans-
port aircraft are described. The advanced compos-
ite aft rudder is satisfactory for airline service and a
cost saving in a full production manufacturing mode
is anticipated.

24. Dorward, F.; and Ketola, R. N.: Static and
Damage Tolerance Tests of an Advanced Compos-
ite Vertical Fin for L-1011 Aircraft. 24th AIAA
Structures, Structural Dynamics and Materials Con-
ference (Lake Tahoe, Nev., May 2-4), Technical Pa-
pers, Part 1, ATAA, 1983, pp. 516-527. (Available
as ATAA Paper 83-0970.)

83A29780#

This paper recounts the significant events which
took place during the structural verification testing of
two graphite/epoxy material, full-size vertical stabi-
lizers. The ground test articles were tested to a high
bending dynamic lateral gust condition. The first
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unit failed during static testing at 98 percent design
ultimate load. Failure began within the front spar
cap. A detailed review of the failure was performed
to identify all possible modes. This review resulted
in a “production line” type fix being designed for in-
corporation in the second ground test article prior to
installation in the test fixture. The modified second
unit sustained 106 percent of design ultimate load
without incident.

25. Dunning, E. G.; Coobs, W. L.; and Legg,
R. L.: Advanced Composite Aileron Manufacture.
NASA CR-165718, June 1981.

83N30522+#

The fabrication activities of the Advanced Com-
posite Aileron program are discussed. These activ-
ities included detail fabrication, manufacturing de-
velopment, assembly, repair, and quality assurance.
Five shipsets of ailerons were manufactured.

26. Griffin, C. F.: Design Development of an
Advanced Composite Aileron. ATIAA Paper 79-1807,
1979.

T9A47891#

This paper summarizes the design development
of an advanced composite inboard aileron for the L-
1011 commercial transport aircraft. Design details
of the composite aileron are reported. Results of
tests which substantiate the structural integrity of
the design are also presented. The composite aileron
is a multi-rib assembly with graphite/epoxy tape-
syntactic core sandwich covers, a graphite/epoxy
tape front spar, and graphite/epoxy fabric ribs. This
structure is a direct replacement for the current
metal aileron with a weight savings of 28.7 percent
(40.3 1b.). Engineering cost estimates indicate that
the composite structure will be cost competitive with
the metal structure it is replacing.

27. Griffin, C. F.; Fogg, L. D.; and Dunning,
E. G.: Advanced Composite Aileron for L-1011
Transport Aircraft: Design and Analysis. NASA
CR-165635, Apr. 1981.

83N30406+#

The aileron design is a multi-rib configuration
with single piece upper and lower covers mechanically
fastened to the substructure. Covers, front spar, and
ribs are fabricated with graphite/epoxy tape or fabric
composite material. The design has a weight savings
of 23 percent compared to the aluminum aileron.
The composite aileron has 50 percent fewer fasteners
and parts than the metal aileron and is predicted
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to be cost competitive. Structural integrity of the
composite aileron was verified by structural analysis
and an extensive test program.

28. Griffin, C. F.: Advanced Composite Aileron
for L-1011 Transport Aircraft: Ground Tests and
Flight Evaluation. NASA CR-165664, Feb. 1981.

83N30405

A composite aileron and a metal aileron were
subjected to a series of comparative stiffness and
vibration tests. These tests showed that the stiffness
and vibration characteristics of the composite aileron
are similar to the metal aileron. The first composite
ground test article was statically tested to failure
which occurred at 139 percent of design ultimate
load. The second composite ground test article
was tested to verify damage tolerance and fail-safe
characteristics.

29. Griffin, C. F.; and Dunning, E. G.: Devel-
opment of an Advanced Composite Aileron for the
L-1011 Transport Awrcraft. NASA CR-3517, Feb.
1982.

84N278364

Significant improvements in structural efficiency
can be achieved by the utilization of advanced com-
posites for construction of aircraft secondary struc-
tures. Careful evaluation of alternate designs and
materials for the L-1011 advanced composite in-
board aileron has led to the selection of several
unique material combinations and easily manufac-
tured structural configurations. The advanced com-
posite aileron is a direct replacement for the metal
aileron with a weight savings of 23 percent.

30. Griffin, C. F.; Fogg, L. D.; Stone, R. L;
and Dunning, E. G.: Advanced Composite Atleron
for L-1011 Transport Aircraft, Task 1. NASA
CR-145370, July 1978.

81N19232

Structural design and maintainability criteria
were established and used as a guideline for evalu-
ating a variety of configurations and materials for
each of the major subcomponents. From this array
of subcomponent designs, several aileron assemblies
were formulated and analyzed. The selected design is
a multi-rib configuration with sheet skin covers me-
chanically fastened to channel-section ribs and spars.
Thornel 300/5208 unidirectional tape was selected
for the front spar and covers, and Thornel 300 fab-
ric/5208 was chosen for the ribs.




31. Jackson, A. C.; Crocker, J. F.; Ekvall,
J. C.; Eudaily, R. R.; Mosesian, B.; Van Cleave,
R. R.; and Vanhamersveld, J.: Advanced Manu-
facturing Development of a Composite Empennage
Component for L-1011 Aircraft. Phase 2: Design
and Analysis. NASA CR-165634, Apr. 1981.

83N30404+#

The composite fin design consists of two one-
piece cocured covers, two one-piece cocured spars,
and eleven ribs. The lower ribs are truss ribs with
graphite/epoxy caps and aluminum truss members.
The upper three ribs are a sandwich design with
graphite/epoxy face sheets and a syntactic epoxy
core. The design achieves a 27% weight savings
compared to the metal box. The fastener count has
been reduced from over 40,000 to less than 7000. The
structural integrity of the composite fin was verified
by analysis and test. The static, fail-safe, and flutter
analyses were completed. An extensive test program
has established the material behavior under a range
of conditions and critical subcomponents were tested
to verify the structural concepts.

32. Jackson, A. C.; and Dorwald, F.: Advanced
Manufacturing Development of a Composite Empen-
nage Component for L-1011 Adrcraft. Phase 4: Full
Scale Ground Test. NASA CR-166015, Dec. 1982.

83N141684

The ground tests conducted on the advanced
composite vertical fin (ACVF) are described. The de-
sign and fabrication of the test fixture and the tran-
sition structure, static test of Ground Test Article
(GTA) No. 1, rework of GTA No. 2, and static, dam-
age tolerance, fail-safe, and residual strength tests of
GTA No. 2 are described.

33. Jackson, A. C.: Advanced Composite Vertical
Fin for L-1011 Aircraft: Design, Manufacture and
Test. NASA CR-3816, Sept. 1984.

84X10452#

The structural box of the L-1011 vertical fin was
redesigned using advanced composite materials. The
box was fabricated and ground tested to verify the
structural integrity. The complete program start-
ing with the design and analysis and proceeding
through the process development, ancillary test pro-
gram, production readiness verification testing, fab-
rication of the full-scale fin boxes, and the full-scale
ground testing is suinmarized. The program showed
that advanced composites can economically and ef-
fectively be used in the design and fabrication of
medium primary structures for commercial aircraft.

Static strength variability was demonstrated to be
comparable to metal structures, and the long term
durability of advanced composite components was
demonstrated.

34. Jackson, A. C.; Sandifer, J.; Sandorff, P.; and
Van Cleave, R.: Advanced Manufacturing Develop-
ment of a Composite Empennage Component for L-
1011 Asrcraft. Phase III: Final Report—Production
Readiness Verification Testing. NASA CR-172383,
Aug. 1984.

84X 104524

The Production Readiness Verification Tests
(PRVT) were designed to provide information to an-
swer the following questions: ¢ What is the range of
production qualities that can be expected for compo-
nents manufactured under conditions similar to those
expeeted in preduction, and how realistic and effec-
tive are proposed quality levels and quality control
procedures? e What variability in static strength can
be expected for production quality components, and
are the margins sufficient to account for this variabil-
ity? e Will production quality components survive
extended time laboratory fatigue tests involving both
load and environment simulation of sufficient dura-
tion and severity to provide confidence in in-service
durability?

To provide data, 22 components of each of two key
structural elements of the ACVF were fabricated for
test. One element represented the front spar/fuselage
attachment area, and the other element represented
the cover/fuselage joint area. Ten of each element
were static strength tested. The remainder were
durability tested for up to the equivalent of 20 years
of service. Reproducibility was demonstrated and
the quality control procedures verified.

Static strength variability has been demonstrated
to be comparable to metallic structures. The range of
production qualities has been established. The long-
term durability of advanced composite components
has been demonstrated.

35. James, A. M.; and Bohon, H. L.: Produc-
tion Readiness Verification Testing. Advances in
Composite Materials (Proceedings of the Third Inter-
national Conference on Composite Materials, Paris,
France, Aug. 26-29), Volume 2, Pergamon Press,
1980, pp. 1059-1074.

81A40569

A Production Readiness Verification Testing
(PRVT) program has been established to determine
if structures fabricated from advanced composites
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can be committed on a production basis to commer-
cial airline service. The program utilizes subcompo-
nents which reflect the variabilities in structure that
can realistically be expected from current produc-
tion and quality control technology to estimate the
production qualities, variation in static strength, and
durability of advanced composite structures. The re-
sults of the static tests and a durability assessment
after one year of continuous load/environment test-
ing of twenty-two duplicates of each of two structural
components (a segment of the front spar and cover
of a vertical stabilizer box structure) are discussed.

36. Lehman, G. H.; Purdy, D. M.; Cominsky, A.;
Hawley, A. V.; Amason, M. P.; Kung, J. T.; Palmer,
R. J.; Purves, N. B.; Marra, P. J.; and Hancock,
G. R.: Advanced Composite Rudders for DC-10 Air-
craft: Design, Manufacturing, and Ground Tests.
NASA CR-145068, Apr. 1976.

77N12039

Design synthesis, tooling and process develop-
ment, manufacturing, and ground testing of a
graphite epoxy rudder for the DC-10 commercial
transport are discussed. The composite structure
was fabricated using a unique processing method in
which the thermal expansion characteristics of rub-
ber tooling mandrels were used to generate curing
pressures during an oven cure cycle. The ground test
program resulted in certification of the rudder for
passenger-carrying flights. Results of the structural
and environmental tests are interpreted and detailed
development of the rubber tooling and manufactur-
ing process is described.

37. Marra, P. J.: Trapped Rubber Processing
for Advanced Composites. SME Paper EM76-172,
1976.

77A51009

Trapped rubber processing is a molding technique
for composites in which precast silicone rubber is
placed within a closed cavity where it thermally ex-
pands against the composite’s surface supported by
the vessel walls. The method has been applied by the
Douglas Aircraft Company, under contract to NASA
Langley, to the design and fabrication of 10 DC-
10 graphite/epoxy upper aft rudder assemblies. A
three-bay development tool form mold die has been
designed and manufactured, and tooling parameters
have been established. Fabrication procedures in-
clude graphite layup, assembly of details in the tool,
and a cure cycle. The technique has made it possi-
ble for the cocured fabrication of complex primary
box structures otherwise impracticable via standard
composite material processes.
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38. Palmer, J. M.; Stephens, C. O.; and Sutton,
J. O.: DC-10 Composite Vertical Stabilizer Ground
Test Program. NASA CR-3715, Aug. 1983.

83X10288

A review of the structural configuration and
ground test program is presented. Particular empha-
sis is placed on the testing of a full-scale stub box
test subcomponent and full-span ground test unit.
The stub box subcomponent was tested in an en-
vironmental chamber under ambient, cold/wet, and
hot/wet conditions. The test program included de-
sign limit static loads, fatigue spectrum loading to
approximately two service lifetimes (with and with-
out damage), design limit damage tolerance tests,
and a final residual strength test to a structural fail-
ure. The first full-scale ground test unit was tested
under ambient conditions. The test unit was to have
undergone static, fatigue, and damage tolerance tests
but a premature structural failure occurred at design
limit load during the third limit load test. A failure
theory was developed which explains the similarity
in types of failure and the large load discrepancy at
failure between the two test articles. The theory at-
tributes both failures to high stress concentrations at
the edge of the lower rear spar access opening. A sec-
ond full-scale ground test unit has been modified to
incorporate the various changes resulting from the
premature failure. The article has been assembled
and is active in the test program.

39. Soovere, J.: Sonic Fatigue Testing of an
Advanced Composite Aileron. Journal of Aircraft,
vol. 19, Apr. 1982, pp. 304-310. (Available as ATIAA
Paper 81-0634.)

82A26567+#

The sonic fatigue test program to verify the
design of the composite inboard aileron for the
L-1011 airplane is described. The program covers
the development of random fatigue data by means of
coupon testing and modal studies on a representa-
tive section of the composite aileron, culminating in
the accelerated sonic fatigue proof test. The compos-
ite aileron sustained nonlinear panel vibration during
the proof test without failure. Viscous damping co-
efficients as low as 0.4% were measured on the pan-
els. The effects of moisture conditioning and elevated
temperature on the random fatigue life of both un-
damaged and impact damaged coupons were investi-
gated. The combination of impact damage, moisture,
and a 180°F temperature could reduce the random
fatigue life by 50%.




40. Stephens, C. O.: Advanced Composite Ver-
tical Stabilizer for DC-10 Transport Aircraft. NASA
CR-173985, July 1978.

84N34573#

The structural design configuration for the com-
posite vertical stabilizer is described and the struc-
tural design, analysis, and weight activities are pre-
sented. The status of fabrication and test activities
for the development test portion of the program is
described. Test results are presented for the skin
panels, spar web, spar cap to cover, and laminate
property specimens. Engineering drawings of verifi-
cation test panels and root fittings, rudder support
specimens, titanium fittings, and rear spar specimen
analysis models are included.

ACEE wing and fuselage technology

41. Bunin, B. L.; and Sagui, R. L.: Critical
Joints in Large Composite Primary Aircraft Struc-
tures. Volume 8: Ancillary Test Results. NASA
CR-172588, June 1985.

86X10035+#

A program was conducted to develop the technol-
ogy for critical structural joints for composite wing
structure that meets all the design requirements of
a 1990 commercial transport aircraft. Results are
given for a comprehensive ancillary test program con-
sisting of single-bolt composite joint specimens tested
in a variety of configurations. These tests were con-
ducted to characterize the strength and load deflec-
tion properties that are required for multirow joint
analysis.

Critical Joints in Large
Volume
NASA

42, Bunin, B. L.
Composite Primary Aurcraft Structures.
2: Technology Demonstration Test Report.
CR-172587, June 1985.

86X10034#

A program was conducted to develop the technol-
ogy for critical structural joints in composite wing
structure that meets all the design requirements of
a 1990 commercial transport aircraft. The results
of four large composite multirow bolted joint tests
are presented. The tests were conducted to demon-
strate the technology for critical joints in highly
loaded composite structure and to verify the ana-
lytical methods that were developed throughout the
program. Discussions are given of the test article, in-
strumentation, test setup, test procedures, and test
results for each of the four specimens. Some of the
analytical predictions are also included.

43. Bunin, B. L.: Critical Joints in Large Com-
posite Primary Asrcraft Structures. Volume 1: Tech-
nical Summary. NASA CR-3914, Sept. 1985.

85X10405#

A program was conducted at Douglas Aircraft
Company to develop the technology for critical joints
in composite wing structure that meets all the design
requirements of a 1990 commercial transport aircraft.
The analysis methodology development, structural
test program, and correlation between test results
and analytical strength predictions are reviewed.

44, Bunin, B. L.: Critical Composite Joint Sub-
components: Analysis and Test Results. NASA
CR-3711, Sept. 1983.

83X10324
A nrim

A prime objective of the program was to demon-
strate the ability to reliably predict the strength of
large bolted composite joints. Load sharing between
bolts in multirow joints was computed by a nonlin-
ear analysis program (A4EJ) which was used both
to assess the efficiency of different joint design con-
cepts and to predict the strengths of large test arti-
cles representing a section from a wing root chord-
wise splice. In most cases, the predictions were ac-
curate to within a few percent of the test results. A
highlight of these tests was the consistent ability to
achieve gross-section failure strains on the order of
0.005 which represents a considerable improvement
over the state of the art. The improvement was at-
tained largely as the result of the better understand-
ing of the load sharing in multirow joints provided by
the analysis. The typical load intensity on the struc-
tural joints was about 40 to 45 thousand pounds per
inch.

45. Griffin, C. F.; and James A. M.: Fuel Con-
tainment, Lightning Protection and Damage Toler-
ance in Large Composite Primary Aircraft Struc-
tures. NASA CR-3875, May 1985.

85X 102094

The damage-tolerance characteristics of high
strain-to-failure graphite fibers and toughened resins
were evaluated. Test results show that conventional
fuel tank sealing techniques are applicable to com-
posite structures. Techniques were developed to pre-
vent fuel leaks due to low-energy impact damage.
For wing panels subjected to swept stroke lightning
strikes, a surface protection of graphite/aluminum
wire fabric and a fastener treatment proved effective
in eliminating internal sparking and reducing struc-
tural damage. The technology features developed
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were incorporated and demonstrated in a test panel
designed to meet the strength, stiffness, and damage-
tolerance requirements of a large commercial trans-
port aircraft. The panel test results exceeded design
requirements for all test conditions.

46. Griffin, C. F.: Fuel Containment and Dam-
age Tolerance i Large Composite Primary Aircraft
Structures. NASA CR-166083, Mar. 1983.

85N30032+#

Technical problems related to fuel containment
and damage tolerance of composite material wings
for transport aircraft were investigated. The major
tasks were the following: (1) the preliminary design
of damage tolerant wing surface using composite ma-
terials; (2) the evaluation of fuel sealing and light-
ning protection methods for a composite material
wing; and (3) an experimental investigation of the
damage tolerance characteristics of toughened resin
graphite/epoxy materials.

47. Harvey, S. T.; and Michaelson, G. L.: Ad-
vanced Composites Wing Study Program, Volume 2.
NASA CR-145382, Vol. 2, Aug. 1978.

78N32186#

The study objective was to develop a plan to de-
fine the effort needed to support a production com-
mitment for the extensive use of composite materials
in wings of new generation aircraft that will enter ser-
vice in the 1985-1990 time period. Identification and
analysis of what was needed to meet the above plan
requirements resulted in a program plan consisting of
three key development areas: (1) technology devel-
opment; (2) production capability development; and
(3) integration and validation by designing, building,
and testing major development hardware.

48. Harvey, S. T.; and Michaelson, G. L.: Ad-
vanced Composites Wing Study Program. Volume 1:

Ezecutive Summary. NASA CR-145382, Vol. 1, Sept.
1978.

T8N32185#

The effort necessary to achieve a state of pro-
duction readiness for the design and manufacturing
of advanced composite wing structure is outlined.
Technical assessment and program options are also
reviewed for the wing study results.

49. Jackson, A. C.; Campion, M. C.; and Pei,
G.: Study of Utilization of Advanced Composites

wn Fuselage Structures of Large Transports. NASA
CR-172404, Sept. 1984.

84X104754#

The effort required by the transport aircraft man-
ufacturers to support the introduction of advanced
composite materials into the fuselage structure of fu-
ture commercial and military transport aircraft is
investigated. Technology issues, potential benefits
to military life cycle costs and commercial operat-
ing costs, and development plans are examined. The
most urgent technology issues defined are impact dy-
namics, acoustic transmission, pressure containment
and damage tolerance, post-buckling, cutouts, and
joints and splices. A technology demonstration pro-
gram is defined.

50. Johnson, R. W.; Thomson, L. W.; and Wil-
son, R. D.: Study on Utilization of Advanced Com-
posites in Fuselage Structures of Large Transports.
NASA CR-172406, Feb. 1985.

85X102264

The potential for utilizing advanced composites
in fuselage structures of large transports was stud-
ied. Six fuselage design concepts were selected and
evaluated in terms of structural performance, weight,
and manufacturing development and costs. Two
concepts were selected that merit further consider-
ation for composite fuselage application. These con-
cepts are (1) a full-depth honeycomb design with no
stringers, and (2) an I-section stringer stiffened lam-
inate skin design. Weight reductions due to apply-
ing composites to the fuselages of commercial and
military transports were calculated. The benefits of
applying composites to a fleet of military transports
were determined. Significant technology issues perti-
nent to composite fuselage structures were identified
and evaluated.

51. McCarty, J. E.; and Roeseler, W. G.: Dura-
bility and Damage Tolerance of Large Composite Pri-
mary Aircraft Structure (LCPAS). NASA CR-3767,
Jan. 1984.

84X10135#

Analysis and testing that addressed the key tech-
nology areas of durability and damage tolerance were
completed for wing surface panels. The wing of
a fuel-efficient, 200-passenger commercial transport
airplane for 1990 delivery was sized using graphite-
epoxy materials. Coupons of various layups used in
the wing sizing were tested in tension, compression,
and spectrum fatigue with typical fastener penetra-
tions. The compression strength after barely visi-
ble impact damage was determined from coupon and
structural element tests. The results of the coupon
and element tests were used to design three distinctly
different compression panels meeting the strength,




stiffness, and damage-tolerance requirements of the
upper wing panels. These three concepts were tested
with various amounts of damage ranging from barely
visible impact to through-penetration.

52.  Nelson, W. D.; Bunin, B. L.; and Hart-Smith,
L. J.: Critical Joints in Large Composite Aircraft
Structure. NASA CR-3710, Aug. 1983.

83X10287+#

A program was conducted at Douglas Aircraft
Company under NASA-Langley Contract NASI-
16857 to develop the technology for critical struc-
tural joints of composite wing structure that meets
design requirements for a 1990 commercial transport
aircraft. The prime objective of the program was
to demonstrate the ability to reliably predict the
strength of large bolted composite joints. Ancillary
testing of 180 specimens generated data on strength
and load deflection characteristics which provided in-
put to the joint analysis. Load-sharing between fas-
teners in multirow bolted joints was computed by
the nonlinear analysis program A4EJ. This program
was used to predict strengths of 20 additional large
subcomponents representing strips from a wing root
chordwise splice. In most cases, the predictions were
accurate to within a few percent of the test results.
In some cases, the observed mode of failure was dif-
ferent than anticipated. The highlight of subcom-
ponent testing was the consistent ability to achieve
gross-section failure strains close to 0.005.

53. Sakata, I. F.; and Ostrom, R. B.: Study
on Utilization of Advanced Composites in Commer-
cial Aircraft Wing Structures, Volume 2. NASA
CR-145381, Vol. 2, Aug. 1978.

T8N32188#

A plan is defined for a composite wing devel-
opment effort which will assist commercial trans-
port manufacturers in reaching a level of technol-
ogy readiness where the utilization of composite wing
structure is a cost competitive option for a new air-
craft. The recommended development effort consists
of two programs: a joint government/industry mate-
rial development program and a wing structure de-
velopment program. Both programs are described in
detail.

54. Sakata, I. F.; Ostrom, R. B.; and Cardinale,
S. V.. Study on Utilization of Advanced Composites
in Commercial Aircraft Wing Structures. Volume 1:
Ezecutive Summary. NASA CR-145381, Vol. 1, Aug.
1978.

78N32187#

The effort required by commercial transport man-
ufacturers to accomplish the transition from current
construction materials and practices to extensive use
of composites in aircraft wings was investigated. A
conceptual design of an advanced technology reduced
energy aircraft provided the framework for identify-
ing and investigating unique design aspects. A plan
defines the essential technology needs and formulates
approaches for effecting the required wing develop-
ment. The wing development program plans, re-
source needs, and recommendations are summarized.

55. Sandifer, J. P.: Fuel Containment and Dam-
age Tolerance for Large Composite Primary Aircraft
Structures. Phase 1: Testing. NASA CR-166091,
Mar. 1983.

85N352414#

Technical problems associated with fuel contain-
ment and damage tolerance of comuposite material
wings for transport aircraft were identified. The ma-
jor tasks are the following: (1) the preliminary de-
sign of damage tolerant wing surface using compos-
ite materials; (2) the evaluation of fuel sealing and
lightning protection methods of a composite material
wing; and (3) an experimental investigation of the
damage tolerance characteristics of toughened resin
graphite/epoxy materials. The test results, the test
techniques, and the test data are presented.

56. Sandifer, J. P.; Denny, A.; and Wood, M. A.:
Fuel Containment and Damage Tolerance in Large
Composite Primary Aircraft Structures. Phase 2:
Testing. NASA CR-172519, Apr. 1985.

85X 101894

Technical issues associated with fuel containment
and damage tolerance of composite wing structures
for transport aircraft were investigated. A test series
was conducted on graphite/epoxy box beams simu-
lating a wing cover to spar cap joint configuration
of a pressurized fuel tank. These tests evaluated
the effectiveness of sealing methods with various fas-
tener types and spacings under fatigue loading and
with pressurized fuel. Another test series evaluated
the ability of selected coatings, films, and materials
to prevent fuel leakage through 32-ply AS4/2220-1
laminates at various impact energy levels. Compres-
sion tests were also performed on panels subjected
to Zone 2 lightning strikes. All of these data were
integrated into a demonstration article representing
a moderately loaded area of a transport wing.

57. Smith, P. J.; Wilson, R. D.; and Gibbins,
M. N.: Damage Tolerant Composite Wing Panels for
Transport Awrcraft. NASA CR-3951, Dec. 1985.
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86X10044

Commercial aircraft advanced composite wing
surface panels were tested for durability and damage
tolerance. The wing of a fuel-efficient, 200-passenger
airplane for 1990 delivery was sized using grahite-
epoxy materials. The damage tolerance program was
structured to allow a systematic progression from
material evaluations to the optimized large panel ver-
ification tests. The program included coupon test-
ing to evaluate toughened material systems, static
and fatigue tests of compression coupons with vary-
ing amounts of impact damage, and element tests of
three-stiffener panels to evaluate upper wing panel
design concepts. The wing structure damage envi-
ronment was studied. A series of technology demon-
stration tests of large compression panels were per-
formed. A repair investigation was included in the
final large panel test.

58. Watts, D. J.; Sumida, P. T.; Bunin, B. L
Janicki, G. C.; Walker, J. V.; and Fox, B. R.: A4
Study of the Utilization of Advanced Composites in
Fuselage Structures of Commercial Aircraft. NASA
CR-172405, Jan. 1985.

85X10225+#

A conceptual composite fuselage was designed,
retaining the basic MD-100 structural arrangement
for doors, windows, wing, wheel wells, cockpit enclo-
sure, major bulkheads, and interfaces with existing
aircraft systems and cabin interior arrangements. A
32-percent weight savings from the existing MD-100
design was realized for this design.

59. Watts, D. J.: A Study on the Utihization of
Advanced Composites tn Commercial Asrcraft Wing
Structure. NASA CR-158902, Vol. 2, July 1978.

TON20190#

A study was conducted to define the technology
and data needed to support the introduction of ad-
vanced composite materials in the wing structure of
future production aircraft.

60. Watts, D. J.. A Study on the Utilization of
Advanced Composites in Commercial Aircraft Wing
Structure: Ezecutive Summary. NASA CR-158902,
Vol. 1, July 1978.

TIN20189#

The overall wing study objectives were to study
and plan the effort by commercial transport aircraft
manufacturers to accomplish the transition from cur-
rent conventional materials and practices to exten-
sive use of advanced composites in wings of aircraft
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that will enter service in the 1985-1990 time period.
Specific wing study objectives were to define the tech-
nology and data needed to support an aircraft manu-
facturer’s commitment to utilize composite primary
wing structures in future production aircraft and to
develop plans for a composite wing technology pro-

gram which will provide the needed technology and
data.

Langley Basic Technology

Design and analysis

61. Adelman, H. M.: Preliminary Design Proce-
dure for Insulated Structures Subjected to Transient
Heating. NASA TP-1534, Dec. 1979.

8ON124384

Minimum-mass designs were obtained for in-
sulated structural panels loaded by a general set
of inplane forces and a time dependent tempera-
ture. Temperature and stress histories in the struc-
ture are given by closed-form solutions, and op-
timization of the insulation and structural thick-
nesses is performed by nonlinear mathematical pro-
gramming techniques. Design calculations are de-
scribed to evaluate the structural efficiency of eight
materials under combined heating and mechanical
loads: graphite/polyimide, graphite/epoxy, boron/
aluminum, titanium, aluminum, Rene 41, carbon/
carbon, and Lockalloy. The effects on design mass of
intensity and duration of heating were assessed. Re-
sults indicate that an optimum structure may have
a temperature response well below the recommended
allowable temperature for the material.

62. Agarwal, B.; and Davis, R. C.: Minimum-
Weight Designs for Hat-Stiffened Composite Panels
Under Uniazial Compression. NASA TN D-7779,
Nov. 1977.

T5N10497#

Optimum hat-stiffened compression panel designs
are determined by a structural synthesis technique.
The effects of simplifying assumptions made in the
buckling analysis for the optimization program are
investigated by a linked plate element program. Op-
timization results for hat-stiffened graphite-epoxy
panels show a 50-percent weight savings over opti-
mized aluminum panels. Composite panels are shown
to possess a variety of proportions at nearly constant
weight.




63. Anderson, M. S.; Stroud, W. J.; Durling,
B. J.; and Hennessy, K. W.: PASCO: Structural
Panel Analysis and Sizing Code, Users Manual—
Revised. NASA TM-80182, Nov. 1981.

82N20563

A computer code denoted PASCO is described
for analyzing and sizing uniaxially stiffened compos-
ite panels. Buckling and vibration analyses are car-
ried out with a linked plate analysis computer code
denoted VIPASA, which is included in PASCO. Siz-
ing is based on nonlinear mathematical program-
ming techniques and employs a computer code de-
noted CONMIN, also included in PASCO. Design re-
quirements considered are initial buckling, material
strength, stiffness, and vibration frequency. A user’s
manual for PASCO is presented.

64, Anderson, M. S.; and Stroud, W. J.: A Gen-
eral Panel Sizing Computer Code and Its Application
to Composite Structural Panels. 19th AIAA Struc-
tures, Structural Dynamics and Materials Conference
(Bethesda, Md., Apr. 3-5), Technical Papers, 1978,
pp. 14-22. (Available as ATAA Paper 78-467.)

T8A29778#

A computer code for obtaining the dimensions
of optimum (least mass) stiffened composite struc-
tural panels is described. The procedure, which is
based on nonlinear mathematical programming and
a rigorous buckling analysis, is applicable to general
cross sections under general loading conditions caus-
ing buckling. A simplified method of accounting for
bow-type imperfections is also included. Design stud-
ies in the form of structural efficiency charts for ax-
ial compression loading are made with the code for
blade and hat stiffened panels. The effects on panel
mass of imperfections, material strength limitations,
and panel stiffness requirements are also examined.
Comparisons with previously published experimen-
tal data show that accounting for imperfections im-
proves correlation between theory and experiment.

65. Arnold, R. R.; and Parekh, J. C.: Theoretical
Prediction of Ultimate Strength of Composite Curved
Frame Members. NASA CR-172441, Oct. 1984.

84X10525#

The research presented herein concerns the de-
velopment of a theoretical approach for the predic-
tion of ultimate strength of composite curved frame
members. The theoretical derivation includes impor-
tant physically observable characteristics of compos-
ites not usually included in conventional elasticity
theories, such as effects of transverse shear, nonlin-
ear geometry, and nonlinear material behavior. The

formulation utilizes an energy approach based on the
Reissner variational principle in which both displace-
ment and stress are taken to be variationally un-
known.

66. Barthelemy, J.-F. M.; and Sobieszczanski-
Sobieski, J.: Extrapolation of Optimum Design
Based on Sensitivity Derivatives. AIAA Journal,
vol. 21, May 1983, pp. 797-799.

83A289784#

In many applications, it is useful to have informa-
tion regarding the effect of the perturbations of the
design problem constants (parameters) on the opti-
mum solution of the problem. The present inves-
tigation is concerned with an example of optimum
sensitivity analysis involving a composite panel. The
case was selected in connection with the nonlinearity -
of the constraints and the tendency for a set of ac-
tive constraints to change when the parameters are
disturbed.

67. Bauld, N. R., Jr.; and Goree, J. G.: An Inves-
tigation of the Accuracy of Finite Difference Methods
in the Solution of Linear Elasticity Problems. NASA
CR-173015, Aug. 1983.

83N34348#

The accuracy of the finite difference method in
the solution of linear elasticity problems that involve
either a stress discontinuity or a stress singularity is
considered. Solutions to three elasticity problems are
discussed in detail: a semi-infinite plane subjected
to a uniform load over a portion of its boundary; a
bimetallic plate under uniform tensile stress; and a
long, midplane symmetric, fiber reinforced laminate
subjected to uniform axial strain. Finite difference
solutions to the three problems are compared with
finite element solutions to corresponding problems.
For the first problem a comparison with the exact
solution is also made.

68.  Biggers, S. B.; and Dickson, J. N.: POSTOP:
Postbuckled Open-Stiffener Optimum Panels, User’s
Manual. NASA CR-172260, Jan. 1984.

84N186824#

The computer program POSTOP, developed to
serve as an aid in the analysis and sizing of stiffened
composite panels that may be loaded in the post-
buckling regime, is intended for the preliminary de-
sign of metal or composite panels with open-section
stiffeners, subjected to multiple combined biaxial
compression (or tension), shear, and normal pressure
load cases. Longitudinal compression, however, is
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assumed to be the dominant loading. Temperature,

initial bow eccentricity, and load eccentricity effects
are included.

69. Boitnott, R. L.; Johnson, E. R.; and Starnes,
J. H., Jr.: A Nonlinear Analysis of Infinitely Long
Graphite-Epoxy Cylindrical Panels Loaded With
Internal Pressure. 26th AIAA Structures, Struc-
tural Dynamics and Materials Conference (Orlando,
Fla., Apr. 15-17), Technical Papers, Part 1, 1985,
pp. 593-604. (Available as AIAA Paper 85-0770.)

85A30291#

The structural response of internally pressur-
ized composite cylindrical panels, representative of
a transport aircraft’s fuselage skins, is predicted by
means of a one-dimensional, geometrically nonlinear
analysis. An analytical study is conducted for the
response of 4-, 8-, and 16-ply graphite/epoxy skins.

70. Boitnott, R. L.; Starnes, J. H., Jr.; and
Johnson, E. R.: Nonlinear Response and Failure
Characteristics of Clamped Internally Pressurized
Graphite-Epoxy Cylindrical Panels. 25th AIAA
Structures, Structural Dynamics and Materials Con-
ference (Palm Springs, Calif., May 14-16), Techni-
cal Papers, Part 1, 1984, pp. 514-525. (Available as
ATAA Paper 84-0955.)

84A31680+#

The nonlinear response and failure characteris-
tics of internally pressurized 4- to 16-ply cylindrical
panels of graphite/epoxy are experimentally and an-
alytically studied. Tests simulated the skin of a typi-
cal transport aircraft fuselage under loading to even-
tual failure. Aluminum test specimens were similarly
tested and compared. All graphite/epoxy panels are
found to withstand the internal pressures applied,
which are well above the proof pressure loading ex-
pected for transport fuselage structures.

71. Byers, B. A.; and Stoecklin, R. L.: Prelimi-
nary Design of Graphite Composite Wing Panels for

Commercial Transport Aircraft. NASA CR-159150,
Feb. 1980.

80N17148+#

Subjectively assessed practical and producible
graphite/epoxy designs were subjected to a multi-
level screening procedure which considered structural
functions, efficiency, manufacturing and producibil-
ity, costs, maintainability, and inspectability. The se-
lected panel design showed a weight savings of 25 per-
cent over a conventional aluminum design meeting
the same design requirements. The estimated cost
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reduction in manufacturing was 20 percent, based on
200 aircraft and projected 1985 automated compos-
ites manufacturing capability.

72. Carper, D. M.; Johnson, E. R.; and Hyer,
M. W.: The Response of Cylindrical Panels Fab-
ricated From Symmetrically and Unsymmetrically

Laminated Composite Materials. NASA CR-170178,
Apr. 1983.

83N22327

Equations are developed which govern the deflec-
tion response of long cylindrical panels subjected to
a line load. The line load is directed toward the cen-
ter of curvature of the panel, is located at an arbi-
trary point along the arc length of the panel, and
is included at an arbitrary angle relative to the ra-
dial direction. Both symmetrically laminated and
the less common unsymmetrically laminated simply
supported panels are studied.

73. Carper, D. M.; Hyer, M. W.; and Johnson,
E. R.: Large Deformation Behavior of Long Shallow
Cylindrical Composite Panels. NASA CR-173286,
Sept. 1983.

84N22975+#

An exact solution is presented for the large defor-
mation response of a simply supported orthotropic
cylindrical panel subjected to a uniform line load
along a cylinder generator. The cross section of the
cylinder is circular and deformations up to the fully
snapped through position are investigated. Experi-
mental results of displacement controlled tests per-
formed on graphite-epoxy curved panels are com-
pared with analytic predictions. Results demon-
strate that panel shallowness, material orthotropy,
and stacking sequence can influence the nonlinear
static response. Initial geometric imperfections, ob-
served during testing, were found to influence the
response of the panels. However, the overall correla-
tion of analytic and experimental results was good.

74. Chen, J. K.; and Sun, C. T.: Nonlinear
Transient Responses of Initially Stressed Composite
Plates. Computers and Structures, vol. 21, no. 3,
1985, pp. 513-520.

85A44743

The nonlinear transient response of initially
stressed composite plates is investigated using the
finite element method. A nine-node isoparametric
quadrilateral element was developed to model lam-
inated plates under initial deformation and initial
stress according to the Mindlin plate theory and




von Karman large deflection assumptions. In the
time integration, the Newmark constant acceleration
method in conjunction with an efficient and accu-
rate iteration scheme is used. Numerical results for
deflections and bending moments for isotropic and
laminated plates are obtained.

75. Cohen, G. A.: FASOR—A Second Generation
Shell of Revolution Code. Trends in Computerized
Structural Analysis and Synthesis (Proceedings of
Symposium, Washington, D.C., Oct. 30-Nov. 1),
Pergamon Press, 1978, pp. 301-309.

79A22948

An integrated computer program entitled Field
Analysis of Shells of Revolution (FASOR) currently
under development for NASA is described. When
completed, this code will treat prebuckling, buck-
ling, initial postbuckling, and vibratious under ax-
isymmetric static loads as well as linear response and
bifurcation under asymmetric static loads. Although
these modes of response are treated by existing pro-
grams, FASOR extends the class of problems treated
to include general anisotropy and transverse shear
deformations of stiffened laminated shells.

76. Cohen, G. A.: Transverse Shear Stiffness
of Laminated Anisotropic Shells. Computer Meth-
ods in Applied Mechanics and Engineering, vol. 13,
Feb. 1978, pp. 205-220. (Presented at 15th Mid-
western Mechanics Conference, University of Illinois,
Chicago, Ill., Mar. 23-25, 1977.)

78A 30894

Equations are derived for the transverse shear
stiffness of laminated anisotropic shells. The equa-
tions are based on Taylor series expansions about a
generic point for stress resultants and couples, iden-
tically satisfying plate equilibrium equations. These
equations are used to find statically correct expres-
sions for in-surface stresses, transverse shear stresses,
and the area density of transverse shear strain energy,
in terms of transverse shear stress resultants and
redundants.

77. Davis, G. W.; and Sakata, I. F.: Design
Considerations for Composite Fuselage Structure of
Commercial Transport Aircraft. NASA CR-159296,
Mar. 1981.

81N22419#

The structural, manufacturing, and service and
environmental considerations that could impact the
design of composite fuselage structure for commercial
transport aircraft application were explored. The

severity of these considerations was assessed and
the principal design drivers delineated. Technical
issues and potential problem areas which must be
resolved before sufficient confidence is established to
commit to composite materials were defined. The
key issues considered are: definition of composite
fuselage design specifications, damage tolerance, and
crashworthiness.

78.  Dickson, J. N.; and Biggers, S. B.: POSTOP:
Postbuckled Open-Stiffener Optimum  Panels—
Theory and Capability. NASA CR-172259, Jan.
1984.

84N186794#

The computer program POSTOP was developed
to serve as an aid in the analysis and sizing of stiff-
ened composite panels that are loaded in the post-
buckling regime. A comprehensive set of analysis
routines was coupled to a widely used opiimization
program to produce this sizing code. POSTOP is in-
tended for the preliminary design of metal or compos-
ite panels with open-section stiffeners, subjected to
multiple combined biaxial compression (or tension),
shear, and normal pressure load cases. Longitudinal
compression, however, is assumed to be the dominant
loading. Temperature, initial bow eccentricity, and
load eccentricity effects are included.

79.  Dickson, J. N.; and Biggers, S. B.: Design and
Analysis of a Stiffened Composite Fuselage Panel.
NASA CR-159302, Aug. 1980.

80N31820+#

The design and analysis of a stiffened composite
panel that is representative of the fuselage structure
of existing wide bodied aircraft are discussed. The
panel is a minimum weight design, based on the cur-
rent level of technology and realistic loads and cri-
teria. Several different stiffener configurations were
investigated in the optimization process. The final
configuration is an all graphite/epoxy J-stiffened de-
sign in which the skin between adjacent stiffeners is
permitted to buckle under design loads. Fail safe con-
cepts typically employed in metallic fuselage struc-
ture have been incorporated in the design. A conser-
vative approach has been used with regard to struc-
tural details such as skin/frame and stringer/frame
attachments and other areas where sufficient design
data were not available.

80. Douglas, D. O.; Holzmacher, D. E.; Lane,
Z. C.; and Thornton, E. A.: Studies of Finite El-
ement Analysis of Composite Material Structures.
NASA CR-119144, Sept. 1975.

7T5N32508+#
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Research in the area of finite element analy-
sis is summarized. Topics discussed include fi-
nite element analysis of a picture frame shear test,
BANSAP (a bandwidth reduction program for SAP
IV), FEMESH (a finite element mesh generation pro-
gram based on isoparametric zones), and finite ele-
ment analysis of a composite bolted joint specimen.

81. Eckstrom, C. V.; and Spain, C. V.: Design
Considerations and Experiences in the Use of Com-
posite Material for an Aeroelastic Research Wing.
28rd AIAA Structures, Structural Dynamics and Ma-
terials Conference (New Orleans, La., May 10-12),
Technical Papers, Part 2, 1982, pp. 157-165. (Avail-
able as ATAA Paper 82-0678.)

82A301464

Experiences in using composite skin material on
an aeroelastic research wing used in flight flutter
testing are described. Significant variations in skin
shear modulus due to stress and temperature were
encountered with the original fiberglass laminate
skin designed to minimize wing torsional stiffness.
These variations along with the sensitivity of wing
torsional stiffness to the skin-to-frame attachment
method complicated the structural model vibration
mode predictions. A wing skin redesign with differ-
ent fiber orientation and a reduction in the amount
of skin-to-frame bonding resulted in more predictable
modal characteristics without sacrificing design ob-
jectives. Design and modeling considerations for fu-
ture applications are discussed.

82. Erb, D. A.; Cooper, P. A.; and Weis-
shaar, T. A.: An Ezact Plane-Stress Solution for a
Class of Problems in Orthotropic Elasticity. NASA
TM-84736, Feb. 1982.

82N23552#

An exact solution for the stress field within a rect-
angular slab of orthotropic material is found using a
two dimensional Fourier series formulation. The ma-
terial is required to be in plane stress, with general
stress boundary conditions, and the principle axes
of the material must be parallel to the sides of the
rectangle. Two load cases similar to those encoun-
tered in materials testing are investigated using the
solution. The solution method has potential uses in
stress analysis of composite structures.

83. Farley, G. L.; and Baker, D. J.: Graph-
ics and Composite Material Computer Program En-
hancements for SPAR. NASA TM-80209, Feb. 1980.

80N18750+4
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User documentation is provided for computer
programs developed for use in conjunction with
SPAR. These programs plot digital data, simplify in-
put for composite material section properties, and
compute lamina stresses and strains. Sample prob-
lems are presented including execution procedures,
program input, and graphical output.

84. Fichter, W. B.: Stress Decay in an Or-
thotropic Half-Plane Under Self-Equiltbrating Sinu-
soidal Loading. NASA TM-85791, May 1984.

84N27066

An elastic orthotropic half-plane subjected to si-
nusoidal normal loading along an entire straight edge
is analyzed. Stresses are calculated for material prop-
erty combinations which are representative of some
fiber reinforced composites. Plots of the stresses as
functions of the distance from the loaded boundary
show that they can differ greatly from their coun-
terparts in the isotropic half-plane under the same
loading. How the results impact the question of the
applicability of St. Venant’s principle to orthotropic
materials is briefly discussed.

85. Fleury, C.; and Schmit, L. A., Jr.: Dual
Methods and Approzimation Concepts in Structural
Synthesis. NASA CR-3226, Dec. 1980.

81N14347#

Approximation concepts and dual method algo-
rithms are combined to create a method for minimum
weight design of structural systems. Approximation
concepts convert the basic mathematical program-
ming statement of the structural synthesis problem
into a sequence of explicit primal problems of separa-
ble form. These problems are solved by constructing
explicit dual functions, which are maximized subject
to nonnegativity constraints on the dual variables.

86. Gray, C. E., Jr.; Mei, C.; and Decha-
Umphai, K.: Large Deflection, Large Amplitude Vi-
brations and Random Response of Symmetrically
Laminated Rectangular Plates. 25th AIAA Struc-
tures, Structural Dynamics and Materials Conference
(Palm Springs, Calif., May 14-16), Technical Papers,
Part 1, 1984, pp. 452-463. (Available as AIAA Paper
84-0909.)

84A316744

An analytical method is presented for determin-
ing large-deflection static bending, large-amplitude
free and forced vibrations, and large-amplitude ran-
dom response of a clamped, symmetrically lami-
nated, rectangular, thin plate subjected to a uni-
formly distributed transverse loading. Both mov-
able and immovable inplane boundary conditions are




considered. Numerical results for bending deflections
and strains, frequency ratios, mean-square center de-
flections, and mean-square maximum strains are pre-
sented showing the parametric effects of plate length-
to-width ratio, orientation of layers, and intensities of
applied force for both the linear and nonlinear cases.
The analytical results for large-deflection random re-
sponse are verified through comparison with experi-
mental data.

87. Griffin, O. H., Jr.; and Kamat, M. P.: Three
Dimensional Inelastic Finite Element Analysis of
Laminated Composites. NASA CR-163712, Nov.
1980.

SIN111144

Formulations of the inelastic response of lami-
nated composites to thermal and mechanical load-
ing are used as the basis for development of the
NALCOM (Nonlinear Analysis of Laminated Com-
posites) computer program which uses a fully three
dimensional isoparametric finite element with
24 nodes and 72 degrees of freedom. Elastic
and elastic-plastic responses of boron/epoxy and
graphite/epoxy are analyzed.

88. Gurdal, Z.; and Haftka, R. T.: Design of
Stiffened Composite Panels With a Fracture Con-
straint. Computers and Structures, vol. 20, no. 1-3,
1985, pp. 457-465. (Presented at the Symposium on
Advances and Trends in Structures and Dynamics,
Washington, D.C., Oct. 22-25, 1984.)

85A41129

An automated procedure for designing minimum-
weight composite panels subject to a local damage
constraint under tensile loading was developed. A
finite element program based on linear elastic frac-
ture mechanics for calculating stress intensity factors
(SIF) was incorporated in the design cycle. Panel
fracture toughness was obtained by using a strain
based criterion. A general purpose mathematical op-
timization algorithm was used for the weight min-
imization. Analytical sensitivity derivatives of the
SIF employing the adjoint variable technique were
used to enhance the computational efficiency of the
procedure. Design results for both unstiffened and
stiffened plates are presented.

89. Haftka, R. T.: Structural Optimization With
Aeroelastic Constraints—A Survey of US Applica-
tions. International Symposium on Aeroelasticity
(Nuremberg, West Germany, Oct. 5-7, 1981), Col-
lected Papers, Deutsche Gesellschaft fuer Luft- und
Raumfahrt, Cologne, 1982, pp. 179-186.

83A49188

The paper describes recent developments in the
United States in the application of structural op-
timization techniques to problems of design under
acroelastic constraints. The material is divided into
sections on (1) conventional strength design using
aeroelastically calculated loads; (2) aeroelastic tai-
loring for improved performance; (3) design under
flutter and static aeroelastic constraints; and (4) mis-
cellaneous applications. Because of the high cost of
applying formal optimization techniques to practical
design problems, there have been very few applica-
tions of structural optimizations to actual aircraft.
The paper is focused on trends that may eventually
reverse this situation.

90. Haftka, R. T.; and Starnes, J. H., Jr.: Use of

Optimum Stifiness Tailoring To Improve the Com-

pressive Strength of Composite Plates With Holes. .
26th AIAA Structures, Structural Dynamics and Ma-

terials Conference (Orlando, Fla., Apr. 15-17), Tech-

nical Papers, Part 1, 1985, pp. 425-431. (Available

as ATAA Paper 85-0721.)

85A30275+#

A structural optimization procedure is used to
tailor the cross-sectional stiffness distribution of
compression-loaded composite plates with holes. The
plate interior region contains the hole and is de-
signed from a softer material system with a higher
failure strain than the plate exterior region. All-
graphite-epoxy plates and hybrid graphite/glass-
epoxy plates were studied. The results show that
cross-sectional stiffness tailoring can increase the
compressive strength and decrease the mass of
compression-loaded laminated plates with holes.

91. Herakovich, C. T.: Composite Laminates
With Negative Through-the-Thickness Poisson’s Ra-
tios. Journal of Composite Materials, vol. 18, Sept.
1984, pp. 447-455.

85A17743

A simple analysis using two-dimensional lamina-
tion theory combined with the appropriate three-
dimensional anisotropic constitutive equation is pre-
sented to show some rather surprising results for the
range of values of the through-the-thickness effective
Poisson’s ratio for angle ply laminates. Results for
graphite-epoxy show that the through-the-thickness
effective Poisson’s ratio can range from a high of 0.49
to a low of —0.21.

92. Hertz, T. J.; Shirk, M. H.; Ricketts, R. H.;
and Weisshaar, T. A.: On the Track of Practical
Forward-Swept Wings. Astronautics and Aeronau-
tics, vol. 20, Jan. 1982, pp. 40-52.
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82A19071

Structural laminates which comprise wing-cover
skins for forward swept winged aircraft are examined.
The laminates are themselves composed of lamina
arranged in a symmetrical and unbalanced fashion.
The fibers are oriented so that no fiber has a counter-
part in the same ply which is at an exact anti-angle
to itself. The laminate orientation creates a wash-
out in a forward swept wing and alleviates aeroelastic
loading. Further discussion is devoted to center-of-
pressure movement, flutter behavior, aeroelasticity
and aeroelastic divergence, and wind tunnel testing
of aerodynamically tailored wings. It is found that
rotating the laminate to increase the divergence dy-
namic pressure decreases strain under aerodynamic
loading. Flight tests with three models are reported,
and it is concluded that divergence can be avoided
by the use of an efficient composite structure.

93. Housner, J. M.; and Stein, M.: Numerical
Analysis and Parametric Studies of the Buckling of

Composite Orthotropic Compression and Shear Pan-
els. NASA TN D-7996, Oct. 1975.

75N334314

A computer program is presented which was de-
veloped for the combined compression and shear
of stiffened variable thickness orthotropic compos-
ite panels on discrete springs: boundary conditions
are general and include elastic boundary restraints.
Buckling solutions are obtained by using a newly
developed trigonometric finite difference procedure
which improves the solution convergence rate over
conventional finite difference methods. The classi-
cal general shear buckling results, which exist only
for simply supported panels over a limited range of
orthotropic properties, were extended to the com-
plete range of these properties for simply supported
panels and, in addition, to the complete range of or-
thotropic properties for clamped panels. The pro-
gram was also applied to parametric studies which
examine the effect of filament orientation upon the
buckling of graphite-epoxy panels. These studies in-
cluded an examination of the filament orientations
which yield maximum shear or compressive buckling
strength for panels having all four edges simply sup-
ported or clamped over a wide range of aspect ratios.

94. Hyer, M. W.; Cooper, D. E.;and Cohen, D.:
Stresses and Deformations in Cross-Ply Composite
Tubes Subjected to ¢ Uniform Temperature Change:
Elasticity and Approzimate Solutions. NASA
CR-176147, June 1985.

85N33545#
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The effects of a uniform temperature change on
the stresses and deformations of composite tubes are
investigated. The accuracy of an approximate so-
lution based on the principle of complementary vir-
tual work is determined. Interest centers on tube
response away from the ends and so a planar elastic-
ity approach is used. For the approximate solution,
a piecewise linear variation of stresses with the radial
coordinate is assumed. The results from the approx-
imate solution are compared with the elasticity solu-
tion. The stress predictions agree well, particularly
peak interlaminar stresses. Surprisingly, the axial de-
formations also agree well despite the fact that the
deformations predicted by the approximate solution
do not satisfy the interface displacement continuity
conditions required by the elasticity solution.

95. Hyer, M. W_; and Cohen, D.: Residual Ther-
mal Stresses in Cross-Ply Graphite-Epoxy Tubes.
1984 Advances in Aerospace Sciences and Engineer-
ing: Structures, Materials, Dynamics, and Space
Station Propulsion (Proceedings of Winter Annual
Meeting, New Orleans, La., Dec. 9-14), ASME, 1984,
pp. 87-93.

86A11337#

Elasticity solutions for the residual stress state
in cross-ply graphite-epoxy tubes subjected to a spa-
tially uniform temperature below the cure tempera-
ture are derived. The solutions are valid away from
the ends of the tube. Numerical results are presented
for three tubes. It is seen that stacking arrangement
can affect the residual stresses and that the radial
stresses are smaller than the other stress components.
The results show that classical lamination theory is
in considerable error when the tube radius to wall
thickness ratio is less than 20.

96. Hyer, M. W.: Nonlinear Effects of Elastic
Coupling in Unsymmetric Laminates. Mechanics of
Composite Materials: Recent Advances (Proceedings
of Symposium, Blacksburg, Va., Aug. 16-19, 1982),
Pergamon Press, 1983, pp. 243-258.

84A33388

Classical lamination theory predicts the room-
temperature shape of all unsymmetrically laminated,
elevated-temperature cure composites to be a saddle
shape. Experimental observation indicates, however,
that in many cases the room-temperature shape is
cylindrical. In addition, a second cylindrical shape
can often be obtained from the first by a simple snap-
through action. It is the elastic couplings between
inplane and out-of-plane deformations which are in-
herent in unsymmetric laminates that are responsi-
ble for the room-temperature shape. However, the




couplings are so strong that geometrically nonlinear
effects are produced. These effects are not accounted
for in the classical theory. This paper reviews a the-
ory developed to explain the effects of the coupling
on laminate shape.

97. Hyer, M. W.: Unsymmetrically Laminated
Composites. Progress in Science and Engineering
of Composites (Proceedings of Fourth International
Conference on Composite Materials, Tokyo, Japan,
Oct. 25-28), Volume 1, Japan Society for Composite
Materials/North-Holland, 1982, pp. 373-380.

83A40163

Classical lamination theory predicts that the
room-temperature shapes of all elevated-temperature
cure, unsymmetrically laminated composites are sad-
dles. However, experimental observation indicates
that the shapes are often cylindrical. In addition, a
second cylindrical shape can sometimes be obtained
from the first by a simple snap-through action. A
geometrically nonlinear extension to classical lamina-
tion theory is used to explain this behavior. Approx-
imate solutions to the nonlinear extension are ob-
tained by using a Rayleigh-Ritz minimization of the
laminate’s total potential energy. A stability analysis
explains the dual cylindrical shapes.

98. Hyer, M. W.. The Room-Temperature
Shapes of Four-Layer Unsymmetric Cross-Ply Lami-
nates. Journal of Composite Materials, vol. 16, July
1982, pp. 318-340.

82A45482

The inplane residual strains of unsymmetric lam-
inates which have cooled from curing into a cylin-
drical room-temperature shape are examined numer-
ically. Results show that the residual strains are
compressive and practically independent of spatial
location on the laminate. In addition, the room-
temperature shapes of the four-layer unsymmetric
cross-ply laminates are predicted, and it is shown
that the temperature shapes are a strong function
of their size and their stacking arrangement. It is
demonstrated that, depending on the parameters se-
lected, the room-temperature shape of a four-layer
cross-ply unsymmetric laminate can be a unique sad-
dle shape, a unique cylindrical shape, or a cylindrical
shape that can be snapped through to another cylin-
drical shape.

99. Jegley, D. C.: Effects of Thickness and Ply
Orientation on Buckling of Laminated Plates. NASA
TM-87691, Feb. 1986.

86N21617#

The buckling loads of laminated plates are pre-
dicted using a new theory which takes into account
transverse shearing effects. This new theory assumes
trigonometric terms through-the-thickness in the dis-
placements to take into account transverse shearing
effects in thick plates. Buckling loads predicted by
the new theory and by traditional theories are com-
pared for isotropic and laminated plates. The effect
of ply orientation on the buckling loads predicted by
each theory is demonstrated.

100. Kibler, J. J.: NOLIN: A Nonlinear Laminate
Analysis Program. NASA CR-2410, Feb. 1975.

T5N18619#

A nonlinear, plane-stress, laminate analysis pro-
gram, NOLIN, was developed which accounts for
laminate nonlinearity under inplane shear and trans--
verse extensivual stress. The program determines the
nonlinear stress-strain behavior of symmetric lami-
nates subjected to any combination of inplane shear
and biaxial extensional loadings. The program has
the ability to treat different stress-strain behavior in
tension and compression, and predicts laminate fail-
ure using any or all of maximum stress, maximum
strain, and quadratic interaction failure criteria. A
brief description of the program is presented includ-
ing discussion of the flow of information and details
of the input required. Sample problems and a com-
plete listing of the program are also provided.

101. Knight, N. F., Jr.; and Stroud, W. J.: Compu-
tational Structural Mechanics: A New Activity at the
NASA Langley Research Center. NASA TM-87612,
Sept. 1985.

86N11540+4#

Complex structures considered for the late 1980’s
and early 1990’s include composite primary aircraft
structures and the space station. These structures
are much more difficult to analyze than today’s struc-
tures and necessitate a major upgrade in comput-
erized structural analysis technology. A major re-
search activity in computational structural mechan-
ics (CSM) was initiated. The objective of the CSM
activity is to develop advanced structural analysis
technology that will exploit modern and emerging
computers such as computers with vector and/or par-
allel processing capabilities. The three main research
activities underway in CSM include (1) structural
analysis methods development; (2) a software testbed
for evaluating the methods; and (3) numerical tech-
niques for parallel processing computers. The moti-
vation and objectives of the CSM activity are pre-
sented and CSM activity is described. The current
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CSM research thrusts and near and long term CSM
research thrusts are outlined.

102. Nemeth, M. P.: Importance of Anisotropic
Bending Stiffnesses on Buckling of Symmetrically
Laminated Composite Plates Loaded in Compres-
sion. 26th AIAA Structures, Structural Dynamics
and Materials Conference (Orlando, Fla., Apr. 15—
17), Technical Papers, Part 1, 1985, pp. 267-273.
(Available as ATAA Paper 85-0673.)

85A302574

The differential equation governing buckling of
symmetrically laminated composite plates loaded in
compression is presented in nondimensional form.
From this equation, nondimensional material coeffi-
cients are obtained and a nondimensional parameter
is presented that is used to assess when anisotropic
bending stiffnesses can be neglected in a buckling
analysis. Results obtained using finite element anal-
yses are presented that show how boundary con-
ditions, aspect ratio, fiber orientation, stacking se-
quence, and thickness affect the importance of the
anisotropic bending stiffnesses.

103. Noor, A. K.; Mathers, M. D.; and Anderson,
M. S.: Exploiting Symmetries for Efficient Post-
Buckling Analysis of Composite Plates. Proceedings
of the 17th AIAA Structures, Structural Dynamics
and Materials Conference (King of Prussia, Pa., May
5-7), 1976, pp. 39-51.

76 A30007#

Two aspects of the post-buckling analysis of com-
posite plates are considered in this paper. The first
pertains to identifying the different types of sym-
metry exhibited by the pre- and post-buckling re-
sponses of rectangular and skewed composite plates.
A procedure is presented for exploiting these sym-
metries in finite-element and finite-difference analy-
ses. The procedure can be used with existing pro-
grams having multipoint constraint capability. The
second aspect pertains to the post-buckling response
of biaxially loaded composite plates. Numerical re-
sults from finite-element analysis are presented which
show the range of parameters for which shear defor-
mation and/or anisotropy are important in buckling
and post-buckling analysis.

104. Noor, A. K,; and Andersen, C. M.: Com-
puterized Symbolic Manipulation in Structural Me-
chanics. Trends in Computerized Structural Analysis
and Synthests (Proceedings of Symposium, Washing-
ton, D.C., Oct. 30-Nov. 1), Pergamon Press, 1978,
pp. 95-118.

79A22934
38

Status and recent applications of computerized
symbolic manipulation to structural mechanics prob-
lems are summarized. The applications discussed
include (1) generation of characteristic arrays of fi-
nite elements; (2) evaluation of effective stiffness and
mass coefficients of continuum models for repetitive
lattice structures; and (3) application of Rayleigh-
Ritz technique to free vibration analysis of laminated
composite elliptic plates. The major advantages of
using computerized symbolic manipulation in each
of these applications are outlined.

105. Noor, A. K.; and Mathers, M. D.: Shear-
Flexible Finite-Element Models of Laminated Com-
posite Plates and Shells. NASA TN D-8044, Dec.
1975.

76N 145224

Several finite-element models are applied to the
linear static, stability, and vibration analysis of lam-
inated composite plates and shells. The study is
based on linear shallow-shell theory, with the effects
of shear deformation, anisotropic material behavior,
and bending-extensional coupling included. Both
stiffness (displacement) and mixed finite-element
models are considered. Discussion is focused on the
effects of shear deformation and anisotropic material
behavior on the accuracy and convergence of differ-
ent finite-element models. Numerical studies are pre-
sented which show the effects of increasing the order
of the approximating polynomials, adding internal
degrees of freedom, and using derivatives of general-
ized displacements as nodal parameters.

106. Phan, N. D.; and Reddy, J. N.: Analysis of
Laminated Composite Plates Using a Higher-Order
Shear Deformation Theory. International Journal
for Numerical Methods in Engineering, vol. 21, Dec.
1985, pp. 2201-2219.

86A21546

A higher-order deformation theory is used to
analyse laminated anisotropic composite plates for
deflections, stresses, natural frequencies, and buck-
ling loads. The theory accounts for parabolic distri-
bution of the transverse shear stresses and requires
no shear correction coefficients. A displacement finite
element model of the theory is developed, and appli-
cations of the element to bending, vibration, and sta-
bility of laminated plates are discussed. The present
solutions are compared with those obtained using the
classical plate theory and the three-dimensional elas-
ticity theory.




107. Pindera, M. J.; and Herakovich, C. T.: An
Endochronic Model for the Response of Unidirec-
tional Composites Under Off-Axis Tensile Load. Me-
chanics of Composite Materials: Recent Advances
(Proceedings of Symposium, Blacksburg, Va., Aug.
16-19, 1982), Pergamon Press, 1983, pp. 367-381.

84A333%4

A methodology of modelling both nonlinear elas-
tic and dissipative response of transversely isotropic
fibrous composites is developed and illustrated with
the aid of the observed response of graphite-
polyimide off-axis coupons. The methodology is
based on the internal variable formalism employed
within the text of classical irreversible thermodynam-
ics and entails extension of Valanis’ endochronic the-
ory to transversely isotropic media. Applicability of
the theory to prediction of various response charac-
teristics of fibrous composites is illustrated by ac-
curately modelling such phenomena as: stiffening re-
versible behavior along fiber direction; dissipative re-
sponse in shear and transverse tension characterized
by power laws with different hardening exponents;
permanent strain accumulation; nonlinear unloading
and reloading; and stress-interaction effects.

108. Pindera, M. J.; and Herakovich, C. T.: An
Elastic Potential for the Nonlinear Response of Uni-
directional Graphite Composites. ASME Transac-
tions, Journal of Applied Mechanics, vol. 51, Sept.
1984, pp. 546-550. (Available as ASME Paper 84-
WA/APM-5.)

844489864

An elastic potential is proposed that is capable
of modeling the reversible portion of the observed
nonlinear response of unidirectional graphite fiber
composites. The model includes both the stiffening
stress-strain behavior as well as the softening Pois-
son’s response for loading in the fiber direction. The
model is compared with experimental results for Ce-
lion 6000/PMR-15 graphite-polyimide.

109. Post, D.; Czarnek, R.; Joh, D.; and Wood,
J.: Deformation Measurements of Composite Multi-
Span Beam Shear Specimens by Motré Interferome-
try. NASA CR-3844, Nov. 1984.

85N11135

Experimental analyses were performed for deter-
mination of in-plane deformations and shear strains
in unidirectional and quasi-isotropic graphite-epoxy
beams. Forty-eight ply beams were subject to 5-
point and 3-point flexures. Whole field measure-
ments were recorded at load levels from about 20 per-

cent to more than 90 percent of failure loads. Con-
tour maps of U and W displacement fields were ob-
tained by Moiré interferometry, using reference grat-
ings of 2400 lines/mm. Clearly defined fringes with
fringe orders exceeding 1000 were obtained. Whole
field contour maps of shear strains were obtained by
a method developed for these tests.

110. Putcha, N. S.; and Reddy, J. N.: On Dynam-
ics of Laminated Anisotropic Plates Using a Refined
Mixed Plate Element. 1984 Advances in Aerospace
Sciences and Engineering: Structures, Materials,
Dynamics, and Space Station Propulsion (Proceed-
ings of Winter Annual Meeting, New Orleans, La.,
Dec. 9-14), ASME, 1984, pp. 161-169.

86A11345#

An analysis of the free vibration and transient-

response of laminates using a mixed shear flexible
element is presented. The element is based on a
refined theory that accounts for a parabolic distri-
bution of the transverse shear stresses through each
lamina and requires no shear correction coefficients.
The mixed formulation of the theory treats the five
displacement functions and six stress resultants inde-
pendently so that they are nodal degress of freedom
in the finite element model. Sample problems using
the element are analyzed and the results of free vi-
bration and transient response are presented. Com-
pared to the existing shear deformation plate theory,
the present refined theory gives more accurate results
for frequencies, displacements, and stresses.

111. Putcha, N. S.; and Reddy, J. N.: A Refined
Mixed Shear Flexible Finite Element for the Nonlin-
ear Analysis of Laminated Plates. Computers and
Structures, vol. 22, no. 4, 1986, pp. 529-538.

86A28727

The present study is concerned with the devel-
opment of a mixed shear flexible finite element with
relaxed continuity for the geometrically linear and
nonlinear analysis of laminated anisotropic plates.
The formulation of the element is based on a refined
higher-order theory. This theory satisfies the zero
transverse shear stress boundary conditions on the
top and bottom faces of the plate. Shear correction
coefficients are not needed. The developed element
consists of 11 degrees-of-freedom per node, taking
into account three displacements, two rotations, and
six moment resultants. An evaluation of the element
is conducted with respect to the accuracy obtained
in the bending of laminated anisotropic rectangular
plates with different lamination schemes, loadings,
and boundary conditions.

39




112. Ramnath, V.: Elastic Properties of Woven
Fabric Reinforced Composites. 26th AIAA Struc-
tures, Structural Dynamics and Materials Confer-
ence (Orlando, Fla., Apr. 15-17), Technical Papers,
Part 1, 1985, pp. 420-425. (Available as AJAA
Paper 85-0720.)

85A30274#

An analytical model for the realistic representa-
tion of a woven fabric reinforced composite is pre-
sented in this paper. The approach uses a variable
cross-section geometric model in order to achieve geo-
metric compatibility at the yarn cross-over regions.
Admissible displacement and stress fields are used
to determine bounds on the fabric elastic proper-
ties. The approach adopted enables the determina-
tion of the complete three-dimensional woven fabric
composite properties. The in-plane fabric properties
obtained through this aproach have been compared
with results obtained from other approaches existing
in the literature. Also, comparisons made with avail-
able experimental data indicate good agreement.

113. Reddy, J. N.; and Liu, C. F.: A Higher-
Order Shear Deformation Theory of Laminated Elas-
tic Shells. International Journal of Engineering Sci-
ence, vol. 23, no. 3, 1985, pp. 319-330.

85A35213

A higher-order shear deformation theory of elastic
shells is developed for shells laminated of orthotropic
layers. The theory is a modification of the Sanders’
theory and accounts for parabolic distribution of the
transverse shear strains through the thickness of the
shell and tangential stress-free boundary conditions
on the boundary surfaces of the shell. The Navier-
type exact solutions for bending and natural vibra-
tion are presented for cylindrical and spherical shells
under simply supported boundary conditions.

114. Reddy, J. N.; and Phan, N. D.: Stability and
Vibration of Isotropic, Orthotropic and Laminated
Plates According to a Higher-Order Shear Deforma-
tion Theory. Journal of Sound and Vibration, vol. 98,
Jan. 22, 1985, pp. 157-170.

85A34755

A higher-order shear deformation theory is used
to demonstrate the natural frequencies and buck-
ling loads of elastic plates. The theory accounts for
parabolic distribution of the transverse shear strains
through the thickness of the plate and rotary inertia.
Exact solutions of simply supported plates are ob-
tained and the results are compared with the exact
solutions of three-dimensional elasticity theory, the
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first-order shear deformation theory, and the classi-
cal plate theory. The present theory predicts the fre-
quencies and buckling loads more accurately when
compared to the first-order and classical plate theo-
ries.

115. Reddy, J. N.: A Simple Higher-Order Theory
for Laminated Composite Plates. ASME Transac-
tions, Journal of Applied Mechanics, vol. 51, Dec.
1984, pp. 745-752. (Available as ASME Paper 84-
WA /APM-34.)

85A17029#

A higher-order shear deformation theory of lam-
inated composite plates is developed. The theory
contains the same dependent unknowns as in the
first-order shear deformation theory of Whitney and
Pagano (1970), but accounts for parabolic distribu-
tion of the transverse shear strains through the thick-
ness of the plate. Exact closed-form solutions of sym-
metric cross-ply laminates are obtained and the re-
sults are compared with three-dimensional elasticity
solutions and first-order shear deformation theory so-
lutions. The present theory predicts the deflections
and stresses more accurately when compared to the
first-order theory.

116. Reddy, J. N.: A Refined Shear Deformation
Theory for the Analysis of Laminated Plates. NASA
CR-3955, Jan. 1986.

86IN16608+#

A refined, third-order plate theory that accounts
for the transverse shear strains is presented. The
Navier solutions are derived for certain simply sup-
ported cross-ply and antisymmetric angle-ply lami-
nates, and finite-element models are developed for
general laminates. The new theory does not require
the shear correction factors of the first-order theory
(i.e., the Reissner-Mindlin plate theory) because the
transverse shear stresses are represented paraboli-
cally in the present theory. Numerical results are
presented to show the accuracy of the present theory
in predicting the transverse stresses. Numerical re-
sults are also presented for the nonlinear bending of
plates, and the results compare well with the exper-
imental results available in the literature.

117, Robinson, J. C.; and Blackburn, C. L.:
Evaluation of a Hydrid, Anisotropic, Multilayered,
Quadrilateral Finite Element. NASA TP-1236, Aug.
1978.

7T8N284824#




A multilayered finite element with bending-
extensional coupling is evaluated for (1) buckling
of general laminated plates; (2) thermal stresses
of laminated plates cured at elevated temperatures;
(3) displacements of a bimetallic beam; and (4) dis-
placement and stresses of a single-cell box beam
with warped cover panels. Also, displacements
and stresses for flat and spherical orthotropic and
anisotropic segments are compared with results from
higher order plate and shell finite-element analyses.

118. Sawyer, J. W.: Flutter of Laminated Plates in
Supersonic Flow. NASA TM X-72800, Nov. 1975.

76N13016#

A solution procedure was developed using linear
small deflection theory for the flutter of simply sup-
ported laminated plates. For such plates, the bend-
ing and extemsional governing equations are coupled
and have cross-stiffness terms which do not appear in
classical plate theory. An extended Galerkin method
is used to obtain approximate solutions to the gov-
erning equations, and the aerodynamic pressure load-
ing used in the analysis is that given by linear pis-
ton theory with flow at arbitrary cross-flow angle. A
limited parametric study was conducted for typical
laminated composite plates. The calculations show
that both the bending-extensional coupling and the
cross-stiffness terms have a large destabilizing effect
on flutter. Since classical plate theory does not con-
sider bending-extensional coupling and cross-stiffness
terms, it usually gives inaccurate and nonconserva-
tive flutter boundaries for laminated plates.

119.  Sawyer, J. W.: Flutter and Buckling of
General Laminated Plates. Proceedings of the 17th
AIAA Structures, Structural Dynamics and Materi-
als Conference (King of Prussia, Pa., May 5-7), 1976,
pp- 105-112.

76A300145

An anisotropic buckling and flutter analysis is de-
veloped with allowance for both bending-extensional
coupling and bending-twisting coupling within the
framework of linear small deflection theory for simply
supported general laminated plates. The extended
Galerkin method is used to obtain approximate so-
lutions to the coupled governing equations. The ef-
fects of various anisotropic stiffness parameters on
the static and dynamic stability of laminated plates
are evaluated, with particular emphasis on assess-
ing the range of applicability of classical orthotropic
plate theory. It is shown that bending-extensional
coupling and bending-twisting stiffness terms have a
destabilizing effect on buckling and flutter, the effect

being more pronounced for a small number of layers.
For symmetric plates, the number of layers required
for orthotropic plate theory to be applicable is gen-
erally less for the buckling problem than for flutter.
For square plates, aligning the fibers with the direc-
tion of airflow over the plate surface results in the
highest flutter dynamic pressure.

120. Schmit, L. A.; and Fleury, D.: An Im-
proved Analysis/Synthesis Capability Based on Dual
Methods—ACCESS 3. 20th AIAA Structures, Struc-
tural Dynamics and Materials Conference (St. Louis,
Mo., Apr. 4-6), Technical Papers on Dynamics
and Loads, 1979, pp. 23-50. (Available as ATIAA
Paper 79-0721.)

T9A282544#

Approximation concepts and dual method algo-
rithms are cowmbined to create a ncw metheod for
minimum weight design of structural systems. Ap-
proximation concepts convert the basic mathemati-
cal programming statement of the structural synthe-
sis problem into a sequence of explicit primal prob-
lems of separable form. These problems are solved by
constructing explicit dual functions, which are maxi-
mized subject to nonnegativity constraints. The dual
method is successfully extended to deal with pure
discrete and mixed continuous-discrete design vari-
able problems. The power of the method presented is
illustrated with numerical results for example prob-
lems, including a thin delta wing with fiber composite
skins.

121. Schmit, L. A.; and Mehrinfar, M.: Multi-
level Optimum Design of Structures With Fiber-
Composite Stiffened-Panel Components. AIAA
Journal, vol. 20, Jan. 1982, pp. 138-147. (Available
as ATAA Paper 80-0723.)

82A17594#

The multilevel approach to minimum weight
structural design is extended to wing box struc-
tures with fiber-composite stiffened-panel compo-
nents.  Strength, deflection, and panel buckling
constraints are treated at the system level with
equivalent-thickness-type design variables. Local
buckling and panel buckling constraints are guarded
against at the component level, employing detailed
component dimensions as design variables. A key
feature of the method is selection of change in stiff-
ness as the component level objective function to
be minimized. Numerical results are given for wing
box structures with sandwich and hat-stiffened fiber-
composite panels.
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122. Seide, P.; and Chang, P. N. H.: Finite
Element Analysis of Laminated Plates and Shells,
Volume 1. NASA CR-157106, Mar. 1978.

78N24577

The finite element method is used to investigate
the static behavior of laminated composite flat plates
and cylindrical shells. The analysis incorporates the
effects of transverse shear deformation in each layer
through the assumption that the normals to the un-
deformed layer midsurface remain straight but need
not be normal to the midsurface after deformation. A
digital computer program was developed to perform
the required computations. The program includes a
very efficient equation solution code which permits
the analysis of large size problems. The method is
applied to the problem of stretching and bending of
a perforated curved plate.

123. Shuart, M. J.: Short-Wavelength Buckling
and Shear Failures for Compression-Loaded Compos-
ite Laminates. NASA TM-87640, Nov. 1985.

86N16271

The short-wavelength buckling (or the microbuck-
ling) and the interlaminar and inplane shear failures
of multi-directional composite laminates loaded in
uniaxial compression are investigated. A laminate
model is presented that idealizes each lamina. The
fibers in the lamina are modeled as a plate, and the
matrix in the lamina is modeled as an elastic founda-
tion. The out-of-plane w displacement for each plate
Is expressed as a trigonometric series in the half-
wavelength of the mode shape for laminate short-
wavelength buckling. Nonlinear strain-displacement
relations are used. The model is applied to sym-
metric laminates having linear material behavior.
The laminates are loaded in uniform end shorten-
ing and are simply supported. A linear analysis is
used to determine the laminate stress, strain, and
mode shape when short-wavelength buckling occurs.
The equations for the laminate compressive stress at

short-wavelength buckling are dominated by matrix
contributions.

124.  Sobieszczanski-Sobieski, J.: An Integrated
Computer Procedure for Sizing Composite Airframe
Structures. NASA TP-1300, Feb. 1979.

TIN17580+#

A computerized algorithm to generate cross-
sectional dimensions and fiber orientations for com-
posite airframe structures is described, and its appli-
cation in a wing structural synthesis is established.
The algorithm unifies computations of aeroelastic
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loads, stresses, and deflections, as well as optimal
structural sizing and fiber orientations in an open-
ended system of integrated computer programs. A
finite-element analysis and a mathematical-
optimization technique are discussed.

125. Srinivas, S.: Wave Propagation in Laminated
Orthotropic Circular Cylindrical Shells. Recent Ad-
vances in Engineering Science, Volume 7, Scientific
Publishers, Inc., 1976, pp. 203-210.

77A39888

An exact three-dimensional analysis of wave
propagation in laminated orthotropic circular cylin-
drical shells is developed. Numerical results are pre-
sented for three-ply shells, and for various axial wave
lengths, circumferential wave numbers, and thick-
nesses. Results from a thin shell theory and a refined

approximate theory are compared with the exact
results.

126. Starnes, J. H., Jr.; and Haftka, R. T.: Pre-
liminary Design of Composite Wings for Buckling,
Strength and Displacement Constraints. 19th AIAA
Structures, Structural Dynamics and Materials Con-
ference (Bethesda, Md., Apr. 3-5), Technical Papers,
1978, pp. 1-13. (Available as AIAA Paper 78-466.)

An unstiffened panel buckling constraint for bal-
anced, symmetric laminated composites is included
on the global design level in a mathematical pro-
gramming structural optimization procedure for de-
signing wing structures. Constraints are introduced
by penalty functions, and Newton’s method based
on approximate second derivatives of the penalty
terms is used as the search algorithm to obtain
minimum-mass designs. Constraint approximations
used during the optimization process contribute to
the computational efficiency of the procedure. A
criterion is developed that identifies the appropri-
ate conservative form of the constraint approxima-
tions that are used with the optimization proce-
dure. Minimum-mass design results are obtained for
a multispar high-aspect-ratio wing subjected to ma-
terial strength, minimum-gage, displacement, panel
buckling and twist constraints.

127. Starnes, J. H., Jr.; and Haftka, R. T.: Pre-
liminary Design of Composite Wing-Box Structures
for Global Damage Tolerance. 21st ATAA Struc-
tures, Structural Dynamics and Materials Confer-
ence (Seattle, Wash., May 12-14), Technical Papers,
Part 2, 1980, pp. 529-538. (Available as AIAA
Paper 80-0755.)




A procedure is presented that incorporates the in-
fluence of potential global damage conditions into the
design process for minimum-mass wing-box struc-
tures. The procedure is based on mathematical-
programming optimization techniques. Material-
strength, minimum-gage, and panel-buckling con-
straints are introduced by penalty functions, and
Newton’s method with approximate second deriva-
tives of the penalty terms is used as the search algo-
rithm to obtain minimum-mass designs. A potential
global damage condition is represented by a struc-
tural model with the damaged components removed.
Example minimum-mass designs are obtained that
simultaneously satisfy the constraints of the dam-
aged and undamaged configurations of both graphite-
epoxy and aluminum wing-box structural models.

128, Stein, M : Nonlinear Theory for Laminated
and Thick Plates and Shells Including the Effects of
Transverse Shearing. 26th AIAA Structures, Struc-
tural Dynamics and Materials Conference (Orlando,
Fla., Apr. 15-17), Technical Papers, Part 1, 1985,
pp. 259-266. (Available as AIAA Paper 85-0671.)

85A302564#

Nonlinear strain displacement relations for three-
dimensional elasticity are determined in orthogo-
nal curvilinear coordinates. To develop a two-
dimensional theory, the displacements are expressed
by trigonometric series representation through-the-
thickness. The nonlinear strain-displacement rela-
tions are expanded into series which contain all first
and second degree terms. In the series for the dis-
placements only the first few terms are retained. In-
sertion of the expansions into the three-dimensional
virtual work expression leads to nonlinear equations
of equilibrium for laminated and thick plates and
shells that include the effects of tranverse shearing.
Equations of equilibrium and buckling equations are
derived for flat plates and cylindrical shells. The shell
equations reduce to conventional transverse shearing
shell equations when the effects of the trigonomet-
ric terms are omitted and to classical shell equations
when the trigonometric terms are omitted and the
shell is assumed to be thin.

129. Stein, M.; and Jegley, D. C.: Effects of
Transverse Shearing on Cylindrical Bending, Vibra-
tion, and Buckling of Laminated Plates. 26th AIAA
Structures, Structural Dynamics and Materials Con-
ference (Orlando, Fla., Apr. 15-17), Technical Pa-
pers, Part 1, 1985, pp. 505-515. (Available as ATAA
Paper 85-0744.)

85A30284+#

The displacements for cylindrical bending and
stretching of laminated and thick plates are expressed
through-the-thickness by a few algebraic terms and
a complete set of trigonometric terms. Only a few
terms of this series are needed to get sufficiently ac-
curate results for laminated and thick plates. Equa-
tions of equilibrium based on a sufficient number of
terms of this series for displacements are determined
using variational theorems from three-dimensional
elasticity. Several examples are worked out. The
displacements and stresses are obtained for simply
supported isotropic and layered beams with a rect-
angular cross section and a sinusoidal lateral load
distribution. These results are compared to an exact
elasticity solution.

130. Stein, M.: Postbuckling of Long Orthotropic
Plates Loaded in Combined Transverse Compression .
and Longitudinal Compression or Shear. 25th AIAA
Structures, Structural Dynamics and Materials Con-
ference (Palm Springs, Calif., May 14-16), Techni-
cal Papers, Part 1, 1984, pp. 444-451. (Available as
ATAA Paper 84-0890.)

84A31673#

The postbuckling behavior of simply supported,
rectangular, isotropic and orthotropic composite
plates under combined loading is determined analyt-
ically. Results are presented for a long plate loaded
beyond its buckling load in either a combination of
longitudinal and transverse compression or a combi-
nation of transverse compression and inplane shear.
Results show that orthotropic plates may behave dif-
ferently than isotropic plates for these loading con-
ditions. Results also show that the postbuckling be-
havior of plates in shear with constrained edge dis-
placements is markedly different than their behavior
with stress free edges.

131. Stein, M.; and Williams, J. G.: Buck-
ling and Structural Efficiency of Sandwich-Blade
Stiffened Composite Compression Panels. NASA
TP-1269, Sept. 1978.

78N324924

The minimum mass structural efficiency curve
was determined for sandwich-blade stiffened com-
posite compression panels subjected to buckling and
strength constraints. High structural efficiencies are
attainable for this type of construction. A method
of analysis is presented for the buckling of panels
of this configuration which shows that buckling of
such panels is strongly dependent on the through-
the-thickness transverse shearing of the stiffener. Ex-
perimental results are presented and compared with
theory.
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132. Stein, M.: Postbuckling of Long Orthotropic
Plates in Combined Shear and Compression. 24th
AIAA Structures, Structural Dynamics and Materi-
als Conference (Lake Tahoe, Nev., May 2-4), Collec-
tion of Technical Papers, Part 1, 1983, pp. 310-318.
(Available as ATAA Paper 83-0876.)

83A297604#

The nonlinear large-deflection partial differen-
tial equations of von Karman for orthotropic plates
loaded in combined shear and compression are con-
verted into a set of first-order nonlinear ordinary dif-
ferential equations by assuming trigonometric func-
tions in one direction. These equations are solved nu-
merically using a two point boundary problem solver
which makes use of Newton’s method. Results are
obtained which determine the postbuckling behav-
ior of rectangular plates with loading up to about
three times the buckling load. Both isotropic and
orthotropic composite plates are considered. Results
show that orthotropic plates may behave quite differ-
ently than isotropic plates and that in-plane bound-
ary conditions are important for plates loaded in
shear.

133. Stein, M.: Postbuckling of Orthotropic Com-
posite Plates Loaded in Compression. 23rd AIAA
Structures, Structural Dynamics and Materials Con-
ference (New Orleans, La., May 10-12), Collection of
Technical Papers, Part 1, 1982, pp. 479-486. (Avail-
able as AIAA Paper 82-0778.)

82A30124#

The nonlinear large deflection equations of von
Karman are written for “specially” orthotropic plates.
The equations are then manipulated to determine the
parameters required to establish postbuckling behav-
ior. It is found that only two new parameters are
needed beyond those required for buckling. By as-
suming trigonometric functions in one direction, the
plate equations are converted into ordinary nonlin-
ear differential equations which are solved numer-
ically using a two point boundary problem solver
that makes use of Newton’s method. The postbuck-
ling behavior is obtained for simply supported and
clamped, long, rectangular, orthotropic plates cover-
ing the complete range of dimensions and material
properties.

134. Stein, M.; and Stein, P. A.: A Solution Pro-
cedure for Behavior of Thick Plates on a Nonlin-
ear Foundation and Postbuckling Behavior of Long
Plates. NASA TP-2174, Sept. 1978.

83N34373+#
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Approximate solutions for three nonlinear or-
thotropic plate problems are presented: (1) a thick
plate attached to a pad having nonlinear material
properties which, in turn, is attached to a substruc-
ture which is then deformed; (2) a long plate loaded
in inplane longitudinal compression beyond its buck-
ling load; and (3) a long plate loaded in inplane shear
beyond its buckling load. For all three problems, the
two dimensional plate equations are reduced to one
dimensional equations in the y-direction by using a
one dimensional trigonometric approximation in the
z-direction. Each problem uses different trigonomet-
ric terms. Solutions are obtained using an existing
algorithm for simultaneous, first order, nonlinear,
ordinary differential equations subject to two point
boundary conditions. Ordinary differential equations
are derived to determine the variable coefficients of
the trigonometric terms.

135. Stroud, W. J.; Greene, W. H.; and Anderson,
M. S.: Current Research on Shear Buckling and
Thermal Loads With PASCO—Panel Analysis and
Sizing Code. New Directions in Optimum Structural
Design, Wiley-Interscience, 1984, pp. 663—-682.

85A48712

The stiffened composite structural panel analysis
and sizing code designated “PASCO” encompasses
both the generality required for the exploitation of
composite materials’ design flexibility and an accu-
rate buckling analysis for the detection of complex
buckling modes. PASCO can accordingly design for
buckling, frequency, material strength, and panel
stiffness requirements. Attention is given to an ad-
ditional thermal loading design capability. Design
studies illustrate the importance of the multiple load
condition capability when thermal loads are present.

136. Stroud, W. J.; Greene, W. H.; and Anderson,
M. S.: Buckling Loads of Stiffened Panels Subjected
to Combined Longitudinal Compression and Shear:
Results Obtained With PASCO, EAL, and STAGS
Computer Programs. NASA TP-2215, Jan. 1984.

84N16585#

Buckling analyses used in PASCO are summa-
rized with emphasis placed on the shear buckling
analyses. The PASCO buckling analyses included
the basic VIPASA analysis, which is essentially exact
for longitudinal and transverse loads, and a smeared
stiffener solution, which treats a stiffened panel as
an orthotropic plate. Buckling results are then pre-
sented for seven stiffened panels loaded by combi-
nations of longitudinal compression and shear. The
buckling results were obtained with the PASCO,




EAL, and STAGS computer programs. The EAL
and STAGS solutions were obtained with a fine fi-
nite element mesh and are very accurate. These finite
element solutions together with the PASCO results
for pure longitudinal compression provide benchmark
calculations to evalutate other analysis procedures.

137. Stroud, W. J.: Optimization of Composite
Structures. NASA TM-84544, Aug. 1982.

83N10447#

Structural optimization is introduced and exam-
ples which illustrate potential problems associated
with optimized structures are presented. Optimized
structures may have very low load-carrying ability
for an off design condition. They tend to have mul-
tiple modes of failure occurring simultaneously and
can, therefore, be sensitive to imperfections. Because
composite materials provide more design variabies
than do metals, they allow for more refined tailor-
ing and more extensive optimization. As a result,
optimized composite structures can be especially sus-
ceptible to these problems.

138. Stroud, W. J.; and Anderson, M. S.: PASCO:
Structural Panel Analysis and Sizing Code, Capabil-
ity and Analytical Foundations. NASA TM-80181,
Oct. 1980.

82N21603#

A computer code denoted PASCO which can
be used for analyzing and sizing uniaxially-stiffened
composite panels is described. Buckling and vibra-
tion analyses are carried out with a linked-plate anal-
ysis computer code denoted VIPASA, which is in-
corporated in PASCO. Sizing is based on nonlinear
mathematical programming techniques and employs
a computer code denoted CONMIN, also incorpo-
rated in PASCO. Design requirements considered are
initial buckling, material strength, stiffness, and vi-
bration frequency. The capability of the PASCO
computer code and the approach used in the struc-
tural analysis and sizing are described.

139. Stroud, W. J.; Sobieszczanski-Sobieski, J.;
Walz, J. E.; and Bush, H. G.: Computerized Struc-
tural Sizing at NASA Langley Research Center.
ATAA Paper 78-1550, 1978.

78A45613#

Programs at the NASA Langley Research Cen-
ter associated with the development of computerized
structural sizing technology are reviewed. Particular
attention is given to (1) lightweight columns for space
structure applications, (2) stiffened composite pan-
els for aerospace structures, (3) thermal structures

for high-speed aircraft and space vehicles, (4) struc-
tural sizing methodology for finite-element structural
models, and (5) the sizing of large complex structural
systems in multidisciplinary environments. Improve-
ments to computational efficiency are noted with ref-
erence to a reduced number of sizing variables, a re-
duced number of constraints, and improved sizing al-
gorithms.

140. Stroud, W. J.; Anderson, M. S.; and Hen-
nessy, K. W.: Effect of Bow-Type Initial Imperfec-
tion on the Buckling Load and Mass of Graphite-
Epozy Blade-Stiffened Panels. NASA TM-74063,
Aug. 1977.

77N31542

A structural synthesis computer code which ac-
counts for first order effects of an initial bow and
which can be used for sizing stiffened composite pan-
els having an arbitrary cross section is used to study
graphite blade-stiffened panels. The effect of a small
initial bow on both the load carrying ability of pan-
els and on the mass of panels designed to carry a
specified load is examined. Large reductions in the
buckling load caused by a small initial bow empha-
size the need for considering a bow when a panel is
designed.

141. Stroud, W. J.; Agranoff, N.; and Anderson,
M. S.: Minimum-Mass Design of Filamentary Com-
posite Panels Under Combined Loads: Design Proce-
dure Based on a Rigorous Buckling Analysis. NASA
TN D-8417, July 1977.

TTN28524#

A procedure is presented for designing uniaxially
stiffened panels made of composite material and sub-
jected to combined inplane load. The procedure used
a rigorous buckling analysis and nonlinear mathe-
matical programing techniques. Design studies car-
ried out with the procedure consider hat-stiffened
and corrugated panels made of graphite-epoxy mate-
rial. Combined longitudinal compression and shear
and combined longitudinal and transverse compres-
sion are the loadings used in the studies. The ca-
pability to tailor the buckling response of a panel is
also explored. Finally, the adequacy of another sim-
pler analysis-design procedure is examined.

142. Stroud, W. J.; and Agranoff, N.: Minimum-
Mass Design of Filamentary Composite Panels Un-
der Combined Loads: Design Procedure Based on
Simplified Buckling Equations. NASA TN D-8257,
Oct. 1976.

TTIN105524
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An analytical procedure is presented for designing
hat stiffened and corrugated panels made of compos-
ite material and subjected to longitudinal (in the di-
rection of the stiffeners) compression and shear load-
ings. The procedure is based on nonlinear mathe-
matical programing techniques and a simplified set of
buckling equations. Design requirements considered
are buckling, strength, and extensional and shear
stiffness. The effects of specified thickness, variation
of cross-section dimensions, stiffness requirements,
local buckling boundary conditions, and combined
compression and shear loadings are shown.

143. Viswanathan, A. V.; Tamekuni, M.; and
Baker, L. L.: Buckling Analysis for Anisotropic Lam-
inated Plates Under Combined Inplane Loads. IAF
Paper 74-038, 1974.

75A13687

The buckling analysis presented considers rect-
angular flat or curved general laminates subjected to
combined inplane normal and shear loads. Linear
theory is used in the analysis. All prebuckling de-
formations and any initial imperfections are ignored.
The analysis method can be readily extended to
longitudinally stiffened structures subjected to com-
bined inplane normal and shear loads.

144. Wang, J. T. S.; and Biggers, S. B.: Skin-
Stiffener Interface Stresses in Composite Stiffened
Panels. NASA CR-172261, Jan. 1984.

84N18681#

A model and solution method for determining the
normal and shear stresses in the interface between
the skin and the stiffener attached flange were de-
veloped. An eflicient, analytical solution procedure
was developed and incorporated in a sizing code for
stiffened panels. The analysis procedure described
provides a means to study the effects of material and
geometric design parameters on the interface stresses.
These stresses include the normal stress and the shear

stresses in both the longitudinal and the transverse
direction.

145. Weaver, G. G., II; and Vinson, J. R.
Minimum-Mass Designs of Stiffened Graphite/
Polyimide Compression Panels. Modern Develop-
ments in Composite Materials and Structures (Pro-
ceedings of the Winter Annual Meeting, New York,
N.Y., Dec. 2-7), ASME, 1979, pp. 215-233.

80A 279924
46

This study presents results from an analytic in-
vestigation to determine minimum-mass designs of
stiffened Gr/Pi compression panels for a wide range
of uniaxial compression loads. Four panel configu-
rations are considered: (1) hat-stiffened-laminated
skin, (2) hat-stiffened-honeycomb core sandwich skin,
(3) blade-stiffened-laminated skin, and (4) blade-
stiffened-honeycomb core sandwich skin panels. De-
signs are generated by an automatic optimization
computer code entitled PASCO (Panel Analysis and
Sizing Code).

146.  Whitcomb, J. D.: A Simple Rectangular
Element for Two-Dimensional Analysis of Laminated

Composites. Computers and Structures, vol. 22,
no. 3, 1986, pp. 387-393.

86A26683

A simple rectangular finite element was developed
for two-dimensional analysis of laminated composite
materials. The rectangular laminated composite ele-
ment eliminates the need to add elements to a mode]
simply to account for the material properties of var-
ious laminae. This is particularly advantageous for
thick laminates with many laminae. Explicit integra-
tion in terms of generalized displacements minimizes
the algebraic effort required to derive the element
stiffness and the thermal load vector. A substitute
shape function technique is used to improve the per-
formance of the element in modeling bending type
deformation. Results for several example problems
are discussed.

Structural evaluation

147. Bush, H. G.: Ezperimental Evaluation of Two
36 Inch by 47 Inch Graphite/Epozy Sandwich Shear
Webs. NASA TM X-72767, Oct. 1975.

7T6N33428#

The design and test are described for two large
(36 in. x 47 in.) graphite/epoxy sandwich shear
webs. One sandwich web was designed to exhibit
strength failure of the facings at a shear load of
7638 lbs/in., which is a characteristic loading for
the space shuttle orbiter main engine thrust beam
structure. The second sandwich web was designed
to exhibit general instability failure at a shear load
of 5000 1bs/in., to identify problem areas of stability
critical sandwich webs and to assess the adequacy of
contemporary analysis techniques.

148. Camarda, C. J.: Tests of Graphite/Polyimide
Sandwich Panels in Uniazial Edgewise Compression.
NASA TP-1785, Dec. 1980.

81N16129




The local and general buckling behavior of
graphite/polyimide sandwich panels simply sup-
ported along all four edges and loaded in uniaxial
edgewise compression was investigated. Specimens
0.635 cm thick failed by overall buckling at loads close
to the analytically predicted buckling load; other
panels failed by face wrinkling. Results of the wrin-
kling tests indicated that several buckling formulas
were unconservative and therefore not suitable for
design purposes; a recommended wrinkling equation
is presented.

149. Davis, R. C.: Stress Analysis and Buckling of
J-Stiffened Graphite-Epozy Panel. NASA TP-1607,
Feb. 1980.

80N18427

A graphite-epoxy shear panel with bonded on
J stiffeners was investigated. Two finite element
models were used to make a stress analysis of the
panel. The shear load distributions in the panel from
two commonly used boundary conditions, applied
shear load and applied displacement, were compared
with the results from one of the finite element models.

150. Davis, R. C.; and Starnes, J. H., Jr.: De-
sign Detail Verification Tests for a Lightly Loaded
Open-Corrugation Graphite-Epozy Cylinder. NASA
TP-1981, Mar. 1982.

82N20567#

Flat corrugated graphite-epoxy panels were tested
in compression to verify selected design details of
a ring-stiffened cylinder that was designed to sup-
port an axial compressive load of 157.6 kN/m with-
out buckling. Three different sizes of subcomponent
panels, with the same basic corrugation geometry,
were tested. The test results indicate that the modi-
fied shell-wall design, the longitudinal joint, the load-
introduction method, and the stiffener-attachment
method for the proposed cylinder have adequate
strength to support the design load.

151. Davis, R. C.: Buckling Test of a 3-Meter-
Diameter Corrugated Graphite-Epoxry Ring-Stiffened
Cylinder. NASA TP-2032, July 1982.

82N28665+#

A 3-m-diameter by 3-m-long corrugated cylindri-
cal shell with external stiffening rings was tested to
failure by buckling. The test method was to mount
the specimen as a cantilevered cylinder and apply a
pure bending moment to the end. The cylinder test
loading achieved was 101 percent of the design ulti-
mate load.

152. Gurdal, Z.; Haftka, R. T.; and Starnes,
J. H., Jr.: The Effect of Slots on the Buckling and
Postbuckling Behavior of Laminated Plates. Journal
of Composites Technology and Research, vol. 7, Fall
1985, pp. 82-87.

86A13870

An experimental study was conducted to evalu-
ate the effect of lateral slots on the buckling response,
the postbuckling response, and the failure character-
istics of flat rectangular graphite-epoxy plates loaded
in compression. The slots did not significantly affect
the prebuckling and buckling behavior of the plates.
The slots caused local changes in the strain distri-
bution and out-of-plane deformations near the slot.
Failure loads and modes were strongly affected by
slot location.

153. Herakovich, C. T.: Theoretical-Experimental
Correlation for Buckling of Composite Cylinders Un-
der Combined Compression and Torsion. NASA
CR-157358, July 1978.

T8N29503#

Comparisons between theory and experiment for
buckling of laminated graphite-epoxy and boron-
epoxy cylinders under combined compression and
torsion are presented. The experimental results are
compared to a theory by Wu. It is shown that there is
excellent agreement between theory and experiment
for pure torsional loading (positive and negative), ex-
perimental buckling loads for pure compression are
well below the predicted values, and good correla-
tion is exhibited between theory and experiment for
buckling under combined loading when compared in
the form of normalized buckling interaction diagrams
in axial-torsional load space.

154, Herakovich, C. T.; and Johnson, E. R.:
Buckling of Composite Cylinders Under Combined
Compression and Torsion Theoretical/Experimental
Correlation. Test Methods and Design Allowables for
Fibrous Composites (Proceedings of the Symposium,
Dearborn, Mich., Oct. 2-3, 1979), American Society
for Testing and Materials, 1981, pp. 341-360.

81A47816

Elastic buckling loads for laminated composite
circular cylindrical shells under combined axial com-
pression and torsion are plotted on a dimension-
less load plane and determined experimentally from
boron/epoxy and graphite/epoxy specimens with
symmetric and asymmetric layups. Good correlation
is achieved between the theoretical and experimental
interaction curves. The theoretical buckling loads
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are obtained from Flugge’s cylindrical shell equations
and for pure torsion there is good correlation, but for
the pure axial compression the correlation is rather
poor.

155. Howell, W. E.; and Reese, C. D.: Re-
producibility of Structural Strength and Stiffness for
Graphite- Epozy Aitrcraft Spoilers. NASA TM-78723,
Nov. 1978.

79N121564

Structural strength reproducibility of graphite-
epoxy composite spoilers for the Boeing 737 aircraft
was evaluated by statically loading fifteen spoilers to
failure at conditions simulating aerodynamic loads.
Spoiler strength and stiffness data were statistically
modeled using a two parameter Weibull distribution
function. Shape parameter values calculated for the
composite spoiler strength and stiffness were within
the range of corresponding shape parameter values
calculated for material property data of composite
laminates. This agreement showed that reproducibil-
ity of full scale component structural properties was
within the reproducibility range of data from mate-
rial property tests.

156. Hyer, M. W.; and Douglas, D. O.: Results
of Graphite-Polyimide Isogrid Panel Testing. NASA
CR-153935, June 1977.

TTN282294

A procedure was developed for fabricating short-
fiber HTS graphite and NR150B2 polyimide resin
into an isogrid configuration. After fabrication, the
panels were subjected to structural analysis and test-
ing. The testing program is described.

157. Johnson, E. R.; Hyer, M. W.; and Carper,
D. M.: Response of Long Shallow Cylindrical Pan-
els to Radial Line Loads. 25th AIAA Struc-
tures, Structural Dynamacs and Materials Conference
(Palm Springs, Calif., May 14-16), Technical Papers,
Part 1, 1984, pp. 310-321. (Available as AIAA
Paper 84-0954.)

84A 316604

The large displacement static response of shallow
orthotropic panels subjected to lateral loading is ex-
amined both theoretically and experimentally. The
panels are circular cylindrical open shells which are
also thin and long. The straight edges are simply
supported at a fixed distance apart, and the curved
edges are free. The lateral load is a spatially uni-
form line load acting along the generator direction of
the cylinder and is directed radially inward toward
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the center of curvature. The load induces a circum-
ferential thrust, and the panel can, and does, snap-
through to an inverted configuration at the buckling
load. The effect of load position on the response is
also examined. The test panels discussed in the pa-
per are graphite-epoxy laminates. Nominal dimen-
sions are a radius of 60 in., a thickness of 0.060 in.,
and an arc length of 12 in. Very good agreement
between theory and experiment was achieved.

158. Johnson, R., Jr.; Reck, R. J.; and Davis,
R. C.: Design and Fabrication of a Large Graphite-
Epoxy Cylindrical Shell. 19th AIAA Structures,
Structural Dynamics and Materials Conference
(Bethesda, Md., Apr. 3-5), Technical Papers, 1978,
pp. 300-310. (Available as AIAA Paper 78-507.)

78A29807#

This paper describes the design and fabrica-
tion of a 10-foot diameter by 10-foot long graphite-
epoxy cylinder and reports the results of develop-
mental tests conducted with sample joints, material
coupons, and stiffening ring elements. The cylindri-
cal shell is a ring-stiffened, open corrugation design
using T300/5208 graphite-epoxy tape as the basic
material for the shell wall and stiffening rings. The
cylinder is designed to withstand bending loads pro-
ducing the relatively low maximum load intensity of
900 1b/in. The resulting shell wall weight, including
stiffening rings and fasteners, is 0.37 lb/sq ft. The
shell weight expected in the graphite-epoxy cylinder
represents a weight savings of approximately 23 per-
cent over that of a comparable aluminum shell. The
cylinder wall was built in three flat segments which
were wrapped to the cylindrical shape upon assem-
bly. Such an approach, made possible by the flexibil-
ity of the thin corrugated wall in a radial direction,
proved to be a simple one.

159. Knight, N. F., Jr.; and Starnes, J. H., Jr.:
Postbuckling Behavior of Selected Curved Stiffened
Graphite-Epoxy Panels Loaded in Axial Compres-
sion. 26th AIAA Structures, Structural Dynamics
and Materials Conference (Orlando, Fla., Apr. 15~
17), Technical Papers, Part 1, 1985, pp. 565-577.
(Available as ATIAA Paper 85-0768.)

85A30289#

Results of an experimental and analytical study of
the postbuckling behavior of selected curved stiffened
graphite-epoxy panels loaded in axial compression
are presented. The postbuckling response and fail-
ure characteristics of the panels are described. Each
panel had four equally-spaced I-shaped stiffeners and
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16-ply quasi-isotropic skins. Panels with three differ-
ent stiffener spacings were tested. Failure of all pan-
els initiated in a skin-stiffener interface region. An-
alytical results from a nonlinear general shell finite
element analysis computer code correlate well with
typical postbuckling test results up to failure. The
analytical modeling detail necessary to predict accu-
rately the response of the panel is described. Mea-
sured initial geometric imperfections were included
in the postbuckling analysis.

160. Knight, N. F., Jr.; and Starnes, J. H.,
Jr.: Postbuckling Behavior of Axially Compressed
Graphite-Epoxy Cylindrical Panels With Circular
Holes. Paper presented at the ASME Joint Pressure
Vessels and Piping/Applied Mechanics Conference,
San Antonio, Tex., June 17-21, 1984.

84A33132#

The results of an experimental and analytical
study of the effects of circular holes on the post-
buckling behavior of graphite-epoxy cylindrical pan-
els loaded in axial compression are presented. The
STAGSC-1 general shell analysis computer code is
used to determine the buckling and postbuckling
response of the panels. The unstable equilibrium
path of the postbuckling response is obtained ana-
lytically by using a method based on controlling an
equilibrium-path-arc-length parameter instead of the
traditional load parameter. The effects of hole di-
ameter, panel radius, and panel thickness on post-
buckling response are considered in the study. Ex-
perimental results are compared with the analytical
results and the failure characteristics of the graphite-
epoxy panels are described.

161. Morita, W. H.; and Graves, S. R.: Graphite/
LaRC-160 Technology Demonstration Segment Test
Results. NASA CR-172123, June 1983.

83N30539+#

A structural test program was conducted on
a Celion/LaRC-160 graphite/polyimide technology
demonstration segment (TDS) to verify the technol-
ogy. The 137 x 152 cm (54 x 60 in.) TDS simu-
lates a full-scale section of the orbiter composite body
flap design incorporating three ribs and extending
from the forward cove back to the rear spar. The
TDS was successfully subjected to mechanical loads
and thermal environments (—170° to 316°C) simulat-
ing 100 shuttle orbiter missions. Successful comple-
tion of the test program verified the design, analysis,
and fabrication methodology for bonded Gr/PI hon-
eycomb sandwich structure and demonstrated that
Gr/PI composite technology readiness is established.

162. Plunkett, R.: Damping Mechanisms in Fiber
Reinforced Laminates. Mechanics of Composite Ma-
terials: Recent Advances (Proceedings of the Sympo-
sium, Blacksburg, Va., Aug. 16-19, 1982), Pergamon
Press, 1983, pp. 93-104.

84A33380

Low strain damping in fiber reinforced composite
materials is due to material loss factors in both fibers
and matrix materials. The high modulus of the fibers
makes up for the low damping factor. Strains high
enough to cause transverse layer cracking in lami-
nates with organic matrix materials cause a larger
permanent increase in the damping factor. The in-
crease is not due to the transverse cracks but rather
to short microcracks in the high shear strain regions.
Other damping mechanisms at high strains are also
discussed.

163. Rouse, M.: Postbuckling of Flat Unstiffened
Graphite-Epoxy Plates Loaded in Shear. 26th AIAA
Structures, Structural Dynamics and Matertals Con-
ference (Orlando, Fla., Apr. 15-17), Technical Pa-
pers, Part 1, 1985, pp. 605—616. (Available as ATAA
Paper 85-0771.)

85A30202#

An experimental and analytical study was con-
ducted of the postbuckling response and failure char-
acteristics of 8-, 16-, and 24-ply unstiffened graphite-
epoxy plates under shear loading, including or-
thotropic, quasi-orthotropic, entirely +45° ply, and
(0/90)s-class plates. Postbuckling stiffness is noted
to be influenced by the stacking sequence and by the
inplane boundary condition imposed on the test sec-
tion by a picture-frame test fixture. The ratio of
failure load to buckling load was higher for specimens
that had higher width-to-thickness ratios. It is noted
that high displacement gradients may induce trans-
verse shear stresses and that delamination was the
failure mechanism for many of the 8-ply specimens.
An adhesive failure between the composite specimen
and metal edge reinforcements initiated failure of the
16- and 24-ply specimens.

164. Shuart, M. J.. Hole Interaction and Load
Introduction Effects for Compression-Loaded Lami-
nates With Holes. NASA TM-86287, Aug. 1984.

84N32435

The effects of hole interaction and load introduc-
tion for laminates with holes were investigated. A
hole interaction region was identified in some spec-
imens, and this region was ineffective for carrying
load. The membrane stiffness of a specimen with
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a hole interaction region is less than the membrane
stiffness of a similar specimen without a hole inter-
action region. A load introduction effect that occurs
on the sublaminate level was also observed. This ef-
fect can cause a nonuniform load diffusion into the
interior of the specimen.

165. Shuart, M. J.; and Hagaman, J. A.: Buckling
and Failure Characteristics of Graphite- Polyimide
Shear Panels. NASA TP-2153, May 1983.

83N245614#

The buckling and failure characteristics of un-
stiffened, blade-stiffened, and hat-stiffened graphite-
polyimide shear panels are described. The picture
frame shear test is used to obtain shear stress-strain
data at room temperature and at 316°C. The ex-
perimental results are compared with a linear buck-
ling analysis, and the specimen failure modes are de-
scribed. The effects of the 316°C test temperature
on panel behavior are discussed.

166. Shyprykevich, P.:. Characterization of
Graphite/Epoxy Laminates for Aeroelastic Tailor-
ing. Composite Materials: Testing and Design (Pro-
ceedings of the Fifth Conference, New Orleans, La.,
Mar. 20-22, 1978), ASTM, 1979, pp. 40-56.

80A21130

A study of interaction between wing bending and
twist by graphite/epoxy anisotropic laminates used
in aircraft wing skins is presented. The laminates
were used as covers for subscale box beams supported
as a cantilever and tested in tip shear and tip torque,
measuring beam response with a reflected light tech-
nique. The results indicated that the in-plane stiff-
ness properties of anisotropic laminates can be pre-
dicted if the layer properties of the composite ma-
terials are known; thus, the coupled bending/twist
response of wing type structures made from these
laminates can be determined provided the limits of

the laminate linear behavior are not significantly
exceeded.

167. Starnes, J. H., Jr.; and Williams, J. G.:
Failure Characteristics of Graphite-Epoxy Structural
Components Loaded in Compression. Mechanics of
Composite Materials: Recent Advances (Proceedings
of the Symposium, Blacksburg, Va., Aug. 16-19,
1982), Pergamon Press, 1983, pp. 283-306.

84A33390
50

Failure characteristics of compressively loaded
graphite-epoxy components are described. Exper-
imental results for both strength-critical laminates
and structural components with postbuckling
strength are presented. Effects of low-speed impact
damage and circular holes on compressive strength
are discussed. Delamination and shear crippling
failure mechanisms that limit the performance of
strength-critical laminates are described. Transverse
shear and skin-stiffener separation failure mecha-
nisms that limit the performance of components with
postbuckling strength are also described. The influ-
ence of matrix properties on compressive strength
improvements for impact damaged laminates is dis-
cussed. Experimental data and results from a failure
analysis for strength-critical laminates with cutouts
are discussed and compared with impact damage re-
sults. Typical postbuckling test results are compared
with analytical predictions.

168. Starnes, J. H., Jr.; and Rouse, M.: Postbuck-
ling and Failure Characteristics of Selected Flat Rect-
angular Graphite-Epoxy Plates Loaded in Compres-
sion. 22nd AIAA Structures, Structural Dynamics
and Materials Conference (Atlanta, Ga., Apr. 6-8),
Technical Papers, Part 1, 1981, pp. 423-434. (Avail-
able as ATAA Paper 81-0543.)

81A294224#

Results of an experimental study of the postbuck-
ling response and failure characteristics of 16- and 24-
ply quasi-isotropic and 24-ply orthotropic flat rect-
angular graphite-epoxy plates loaded in compression
are examined. Some of the specimens had circular
drilled holes or were subjected to low-speed impact
damage. The ratio of failure load to buckling load
was found to be higher for specimens with lower ini-
tial buckling strains than for specimens with higher
initial buckling strains. Some specimens supported
more than five times their initial buckling load be-
fore failing.

169. Starnes, J. H., Jr.; Knight, N. F., Jr.; and
Rouse, M.: Postbuckling Behavior of Selected Flat
Stiffened Graphite-Epoxy Panels Loaded in Com-
pression. 23rd AIAA Structures, Structural Dynam-
ics and Materials Conference (New Orleans, La.,
May 10-12), Collection of Technical Papers, Part 1,
1982, pp. 464-478. (Available as ATAA Paper 82-
0777.)

82A30123#

Results of an experimental study of the postbuck-
ling behavior of selected flat stiffened graphite-epoxy
panels loaded in compression are presented. The




postbuckling response and failure characteristics of
undamaged panels and panels damaged by low-speed
impact are described. Each panel had four equally-
spaced I-section stiffeners and 16- or 24-ply quasi-
isotropic skins. Panels with three different stiffener
spacings were tested. Some undamaged specimens
supported as much as three times their initial buck-
ling load before failing. Failure of all panels was ini-
tiated in a skin-stiffener interface region. Analytical
results obtained from a nonlinear general shell finite
element analysis computer code correlate well with
typical postbuckling test results up to failure.

170. Waters, W. A., Jr.; and Williams, J. G.: Fail-
ure Mechanism of Laminates Transversely Loaded by
Bolt Push-Through. NASA TM-87603, Sept. 1985.

86N143144

Stiffened composite panels proposed for fuselage
and wing design utilize a variety of stiffener-to-skin
attachment concepts including mechanical fasteners.
One potential failure mode for bolted panels occurs
when the bolts pull through the stiffener attachment
flange or skin. The resulting loss of support by the
skin to the stiffener and by the stiffener to the skin
can result in local buckling and subsequent panel col-
lapse. The characteristic failure modes associated
with bolt push-through failure are described and the
results of a parametric study of the effects that differ-
ent material systems, boundary conditions, and lam-
inates have on the forces and displacements required
to cause damage and bolt push-through failure are
presented.

171. Williams, J. G.; and Stein, M.: Buckling
Behavior and Structural Efficiency of Open-Section
Stiffened Composite Compression Panels. AIAA
Paper 76-1727, 1976.

T6A35202#

Several experiments with J- and blade-stiffened
graphite/epoxy panels were conducted to obtain in-
sight into how well experimental data could be corre-
lated with analysis for the buckling behavior of open-
section stiffened composite compression panels. Al-
though some nonlinear behavior was observed during
the experiment, adequate correlation with analysis
was obtained to justify the use of linear, thin-plate
buckling analysis in a minimum-weight design syn-
thesis program for J- and blade-configurations.

Impact and damage tolerance.

172. Adams, D. S.; and Herakovich, C. T.: In-
fluence of Damage on the Thermal Response of
Graphite-Epoxy Laminates. Journal of Thermal
Stresses, vol. 7, no. 1, 1984, pp. 91-103.

84A48568

A constrained-displacement finite-element ap-
proach for studying the influence of transverse cracks
and delaminations on the thermal response of lam-
inated composites is presented. Typical results are
given in the form of percent-retention curves for the
coefficient of thermal expansion as a function of crack
density. Cross-ply and quasi-isotropic T300/5208
graphite-epoxy laminates are considered. It is shown
that transverse cracks can have a significant influence
on the coefficient of thermal expansion, but delam-
inations located symmetrically about the laminate
midplane have no influence on thermal expansion.

173. Avva, V. S.: Effect of Specimen Size on
the Buckling Behavior of Laminated Composites
Subjected to Low-Velocity Impact. Compression
Testing of Homogeneous Materials and Composites
(Proceedings of the Symposium, Williamsburg, Va.,
Mar. 10-11, 1982), ASTM, 1983, pp. 140-154.

84A29893

An experimental investigation was conducted to
study the effect of specimen size on the buckling
strains of composite laminates subjected to low-
velocity projectile impact. The specimens were fabri-
cated from a T300/5208 graphite/epoxy material in
16- and 32-ply quasi-isotropic laminates.

174. Bigelow, C. A.: An Assessment of Buffer
Strips for Improving Damage Tolerance of Com-
posite Laminates at Elevated Temperature. NASA
TM-83257, Dec. 1981.

82N 183254

Buffer strips greatly improve the damage toler-
ance of graphite/epoxy laminates loaded in tension.
Graphite/polyimide buffer strip panels were made
and tested to determine their residual strength at
ambient and elevated (177°C) temperature. Each
panel was cut in the center to represent damage.
Panels were radiographed and crack-opening dis-
placements were recorded to indicate fracture, frac-
ture arrest, and the extent of damage in the buffer
strip after arrest.

175. Bigelow, C. A.: Buffer Strips in Composites
at Elevated Temperature. Journal of Composite
Materials, vol. 17, Nov. 1983, pp. 549-560.

84A25007
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The composite material “buffer strip” concept
is presently investigated at elevated temperatures
for the case of graphite/polyimide buffer strip pan-
els where the buffer strip material was O-deg S-
glass/polyimide. Each panel was loaded in tension
until it failed, and radiographs and crack opening
displacements were recorded during the tests to de-
termine fracture onset, fracture arrest, and the ex-
tent of damage in the buffer strip after crack arrest.

176. Byers, B. A.: Behavior of Damaged Graphite/
Epozy Laminates Under Compression Loading.
NASA CR-159293, Aug. 1980.

82N 32420+

The influence of three different resin systems on
the damage tolerance of graphite/epoxy laminates
was evaluated. Testing consisted of both static com-
pression and cyclic compression evaluation of 10.2
by 15.2 by 0.5 cm (4 by 6 by 0.2 in.) laminates
with circular holes, simulated delaminations, and
low-velocity impact. Damage growth under steadily
increasing compression and cyclic compression load-
ing was monitored.

177. Chen, J. K.;; and Sun, C. T.: Analysis of
Impact Response of Buckled Composite Laminates.
Composite Structures, vol. 3, no. 2, 1985, pp. 97—
118.

85A32676

The dynamic response of buckled composite
plates impacted by a hard object is studied. In order
to evaluate the contact force, an experimentally es-
tablished contact law which accounts for the perma-
nent indentation is employed. The static postbuck-
ling problem of laminated plates is first considered.
The impact responses include contact force histories,
dynamic deflections, and dynamic strains in the plate
for various buckling conditions. In addition, free vi-
bration of buckled laminated plates is also solved to
determine the range of natural frequencies which are
needed to choose a proper time increment for time
integration in the impact analysis.

178. Chen, J. K;; and Sun, C. T.: Dynamic
Large Deflection Response of Composite Laminates
Subjected to Impact. Composite Structures, vol. 4,
no. 1, 1985, pp. 59-73.

85A39599

Impact responses of composite laminates with
and without initial stresses are investigated using
the finite element method. In the time integration,
the Newmark constant acceleration algorithm is used
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in conjunction with successive iterations within each
time step. Numerical results, including the contact
force histories, deflections, and strains in the plate,
are presented.

179. Daugherty, R. L.; and Howard, S. A.: Ef-
fects of Debonds on the Strength of Composite
Plates. Proceedings of the Second International Con-
ference on Composite Materials (Toronto, Canada,
Apr. 16-20), Metallurgical Society of AIME, 1978,
pp. 1224-1236.

79A17050

The effect of debonds on composite structures un-
der compressive loads is investigated in this paper.
Because of the inclusion of debonds, unsymmetric
laminated rectangular plates are considered. The re-
sulting bending-extension coupling is included and is
shown to be quite significant for thin laminates typ-
ical of debonded regions. The solution technique is
based on the theorem of minimum potential energy;
and both simply supported and clamped boundaries
are considered.

180. Dwivedi, S. N.: Feasibility Study of Deforma-
tion Modes of Deforming Composite Materials Using
the Visioplasticity Method. NASA CR-165067, Nov.
1981.

82N15125#

The impact resistance and the effect of impact
on fiber reinforced composite materials was investi-
gated. The visioplastic method for studying defor-
mation modes and transient impact distribution is
described and the basic equations used in the visio-
plastic method are presented. The subroutine for
digitizing the input data and a computer program
(STRESS) for calculating the strains and stresses of
deforming projectiles are presented.

181. Farley, G. L.: Effect of Low-Velocity or
Ballistic Impact Damage on the Strength of Thin
Composite and Aluminum Shear Panels. NASA
TP-2441, May 1985.

85N26924#

Impact tests were conducted on shear panels fab-
ricated from 6061-T6 aluminum and from woven fab-
ric prepreg of Du Pont Kevlar fiber/epoxy resin and
graphite fiber/epoxy resin. Composite panels were
impacted with a 1.27-cm (0.5-in) diameter aluminum
sphere at low velocities of 46 m/sec (150 ft/sec) and
67 m/sec (220 ft/sec). Ballistic impact conditions
consisted of a tumbled 50-caliber projectile impacting
loaded composite and aluminum shear panels. The




results of these tests indicate that ballistic threshold
load (the lowest load which will result in immedi-
ate failure upon penetration by the projectile) varied
between 0.44 and 0.61 of the average failure load of
undamaged panels.

182. Guynn, E. G.; and O’Brien, T. K.: The In-
fluence of Lay-Up and Thickness on Composite Im-
pact Damage and Compression Strength. 26th AIAA
Structures, Structural Dynamics and Materials Con-
ference (Orlando, Fla., Apr. 15-17), Technical Pa-
pers, Part 1, 1985, pp. 187-196. (Available as AIAA
Paper 85-0646.)

85A302464

The effects of composite stacking sequence, thick-
ness, and percentage of zero-degree plies on the
size, shape, and distribution of delamination through
the laminate thickness and on residual compression
strength following impact were studied. Graphite/
epoxy laminates were impacted with an 0.5 inch di-
ameter aluminum sphere at a specific low or high
velocity. Impact damage was measured nondestruc-
tively by ultrasonic C-scans and X-radiography and
destructively by the deply technique, and compres-
sion strength tests were performed.

183. Haftka, R. T.; Starnes, J. H., Jr.; and Nair, S.:
Design for Global Damage Tolerance and Associated
Mass Penalties. Journal of Asrcraft, vol. 20, Jan.
1983, pp. 83-88.

83A15321#

A structural design with global damage toler-
ance is defined as a design that can tolerate the
destruction of one or more major structural compo-
nents. The mass penalty associated with improving
the global damage tolerance of optimized structures
is evaluated herein for structures typically used in
aircraft wing construction. It is shown that this mass
penalty is strongly related to the degree of redun-
dancy of the structure, being most severe for struc-
tures of low redundancy. For highly redundant wing-
box structures made of composite materials, it is
shown that significant improvement in global damage
tolerance may be achieved without any mass penalty.

184. Hertzberg, P. E.; Smith, B. W.; and Miller,
A. G.: Effect of Matriz Resin on the Impact Fracture
Characteristics of Graphite-Epozy Laminates. NASA
CR-165784, Jan. 1982.

83N13177+#

The effect of resin chemistry on basic impact en-
ergy absorbent mechanisms exhibited by graphite-
epoxy composites was investigated. Impact frac-
ture modes and microscopic resin deformation char-
acteristics were examined for 26 NASA-impacted
graphite-epoxy laminates with different resin
chemistries. Discrete specimen fracture modes were
identified through cross sectional examination after
impact and subsequently compared with measured
glass transition temperatures, cure cycles, and resid-
ual impact capabilities. Microscopic resin deforma-
tion mechanisms and their overall relationship to im-
pact loading conditions, voids, and resin content were
also characterized through scanning electron micro-
scopic examination of separated fracture surfaces.

185. Humphreys, E. A.; and Goering, J.: De-
velopment of an Analytic Procedure To Calculate

Damage Accumulation in Composites During Low-
Velocity Impact. NASA CR-166086, Feb. 1983.

83N23360+#

A computerized procedure was developed to
model the response of a laminated composite plate
subjected to low-velocity impact. The methodol-
ogy incorporated transient dynamics finite element
analysis coupled with composite layer and interlam-
inar stress predictions. Damage was predicted us-
ing a stress based failure criteria and incorporated
into the solution as stiffness modifications. The
force-displacement relation between the impactor
and plate was modelled with a nonlinear contact
spring similar to Hertzian contact. Analyses per-
formed predicted ply damage early in the impact
event when the displacement fields were character-
istic of high frequency flexure response.

186. Joshi, S. P.; and Sun, C. T.: Impact Induced
Fracture in a Laminated Composite. Journal of
Composite Materials, vol. 19, Jan. 1985, pp. 51-66.

85A30849

Experimental data of the three-dimensional prob-
lem of impact of a flat strip by a spherical impactor
are presented and interpreted qualitatively by com-
parison with a plane-strain numerical analysis of an
infinitely wide plate impacted by a cylindrical im-
pactor. The role of transverse shear stress in proxi-
mal and middle layer crack initiation is established.
A detailed presentation of damage is provided with
exact delamination zones. The basic conclusions
drawn establish a basis for further research in un-
derstanding impact induced fracture in composites.

53



187. Kelkar, A.; Elber, W.; and Raju, I. S.
Large Deflection Behavior of Quasi-Isotropic Lami-
nates Under Low-Velocity Impact Type Point Load-
ing. 26th AIAA Structures, Structural Dynamics and
Materials Conference (Orlando, Fla., Apr. 15-17),
Technical Papers, Part 1, 1985, pp. 432-441. (Avail-
able as AIAA Paper 85-0723.)

85A30276#

Eight-ply quasi-isotropic circular composite
plates of Thornel 300 graphite in Narmco 5208 epoxy
resin (T300/5208) were analyzed to obtain the large
deformation behavior under low-velocity impact type
point loads. A simple plate-membrane coupling
model was developed. The impact type point loads
were replaced by equivalent quasi-static point loads.
The plate-membrane coupling model was used to ob-
tain the large deformation shapes for the thin cir-
cular composite laminates. The analyses indicated
that the large deformation shapes of the composite
plates under point loads vary with the centerpoint
displacements, and hence are different for different
load levels. Quasi-isotropic plates were analyzed by
replacing anisotropic bending stiffness components
with the equivalent flexural stiffness for the isotropic
plates. The plate-membrane coupling model was ver-
ified by conducting a series of tests on clamped cir-
cular quasi-isotropic laminates. Deflected shapes for
the thin composite plates were experimentally ob-
tained. These shapes agreed well with the analyti-
cally predicted shapes.

188. Knauss, W. G.; Babcock, C. D.; and Chai,
H.: Observation of Damage Growth in Compressively
Loaded Laminates. Experimental Mechanics, vol. 23,
Sept. 1983, pp. 329-337.

83A46810

Graphite/epoxy laminates have a definite advan-
tage with respect to the strength-to-weight relation
over many standard engineering materials used in
aerospace applications. However, this advantage is
somewhat reduced by the sensitivity of these lami-
nates to operational hazards, which include a low-
velocity impact by foreign objects. Investigations
conducted by Chai (1982) and Knauss et al. (1980)
have been concerned with the growth of impact dam-
age in compressively loaded laminates and the visu-
alization of such an impact damage. The present
study represents a condensation of parts of these in-
vestigations, taking into account a determination of
the damage-growth mechanism via real-time record-
ing of the impact event. The material considered,
a T300/5208 graphite/epoxy laminate, is typical of
the configuration proposed for future heavily loaded
primary structures.
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189. Lal, K. M.: Residual Strength Assessment
of Low-Velocity Impact Damage of Graphite/Epoxy
Laminates. Journal of Reinforced Plastics and Com-
posites, vol. 2, Oct. 1983, pp. 226-238.

84A19796

This report contains the study of low-velocity
transverse impact damage of graphite/epoxy T300/
5208 composite laminates. The specimens, 100-mm
diameter clamped plates, were impact damaged by
a cantilever-type instrumented 1-inch diameter steel
ball. The study was limited to impact velocity of
6 m/sec. Rectangular strips, 50 mm X 125 mm,
were cut from the impact-damaged specimens so that
the impact damage zone was in the center of the
strips. These strips were tested in tension to obtain
their residual strength. An energy dissipation model
was developed to predict the residual strength from
fracture mechanics concepts.

190. Lal, K. M.: Low-Velocity Transverse Impact
Behavior of 8-Ply, Graphite-Epoxy Laminates. Jour-
nal of Reinforced Plastics and Composites, vol. 2,
Oct. 1983, pp. 216-225.

84A19795

This work discusses the behavior of eight-ply,
quasi-isotropic, graphite-epoxy laminates subjected
to low-velocity transverse impact loading. Large de-
flection theory of plates was used to predict the load-
deflection characteristics during the impact event.
The impact model considered that the indentation,
flexural, and shear stiffnesses could be represented
by three equivalent springs in series. The analy-
sis of static and dynamic impact loading test data
concluded that the membrane parameter 3 used in
the flexural stiffness relation was proportional to the
square of the coefficient of restitution.

191. Lal, K. M.: Coefficient of Restitution for Low-
Velocity Transverse Impact of Thin Graphite-Epoxy
Laminates. Composites Technology Review, vol. 6,
Fall 1984, pp. 112-117.

85A14160

A simple model is presented for the low-velocity
impact behavior of thin plates composed of T300/
5208 graphite-epoxy. The model, which is con-
structed on the assumption that the plate is inex-
tensible in the fiber direction and that the mate-
rial is incompressible in the z direction, is able to
predict the energy absorbed by the target during
an impact event, or the “coeflicient of restitution.”
The plate essentially deforms by shear, allowing the
model to neglect bending deformations. The coeffi-
cient of restitution is predicted to increase with large




interlaminar shear strength and low transverse shear
modulus of the laminate. Experimentally measured
values agree with model-predicted values within a
reasonable error.

192. Lal, K. M.: Relationship Between Phase Dif-
ference and Coefficient of Restitution During Low-
Velocity Foreign Object Transverse Damage of Com-
posite Plates. Composites Technology Review, vol. 6,
Fall 1984, pp. 109-111.

85A14159

This work discusses a model to correlate the co-
efficient of restitution of low-velocity transverse im-
pacts of graphite-epoxy laminates with the residual
deformation or central deflection at the end of the im-
pact event. It is assumed that the energy absorbed
by the target can be calibrated in terms of residual
deflection, and thereby in terms of phase difference
between the occurrence of impact force and central
deflection to their maximas. Analysis was modeled
on the basis of the experience from impact tests. Pre-
dictions are compared with the test results of im-
pacted circular and flat plates. Experimentally mea-
sured values of coefficient of restitution and phase
difference agreed well with the predicted relationship
between them.

193. Lee, J. D.; Du, S.; and Liebowitz, H.: Three-
Dimensional Finite Element and Dynamic Analy-
sis of Composite Laminate Subjected to Impact.
Computers and Structures, vol. 19, no. 56, 1984,
pp. 807-813.

85A.22001

A three-dimensional finite element and dynamic
analysis has been made for a layered fiber-reinforced
composite laminate subjected to a given impact load-
ing. The central difference method is employed in
this analysis. The numerical results for the transient
response of the laminate are presented.

194. Lee, J. D.: Three-Dimensional Finite Ele-
ment Analysis of Layered Fiber-Reinforced Compos-
ite Materials. Computers and Structures, vol. 12,
Sept. 1980, pp. 319-339.

81A16295

A three-dimensional finite element analysis was
performed for a biaxially loaded composite laminate
(with a centered hole) consisting of several fiber-
reinforced composite layers each with a specified fiber
orientation. The detailed stress distribution around
the hole was determined. Also, the locations of initial
damage zones due to different failure mechanisms
were indicated.

195. Lee, J. D.: Three-Dimensional Finite-
Element Analysis of Damage Accumulation in Com-
posite Laminate. Computers and Structures, vol. 15,
no. 3, 1982, pp. 335-350.

82A31193

A three-dimensional finite-element computer pro-
gram has been developed to analyze layered fiber-
reinforced composite laminate. This program is ca-
pable of (1) calculating the detailed stress distribu-
tion, (2) identifying the damage zone and mode of
failure, (3) analyzing the damage accumulation, and
(4) determining the ultimate strength of the compos-
ite laminate.

196. Liebowitz, H.: The Effect of Low-Velocity
Impact on the Strength Characteristics of Composite
Material Laminates. NASA CR-170059, Mar. 1983.

83N20282#

The nonlinear vibration response of a double
cantilevered beam subjected to pulse loading over
a central sector is studied. The initial response is
generated in detail to ascertain the energetics of the
response. The total energy is used as a gauge of the
stability and accuracy of the solution. It is shown
that to obtain accurate and stable initial solutions
an extremely high spatial and time resolution is
required. This requirement was only evident through
an examination of the energy of the system. It is
proposed, therefore, to use the total energy of the
system as a necessary stability and accuracy criterion
for the nonlinear response of conservative systems.
The results also demonstrate that even for moderate
nonlinearities, the effects of membrane forces have a
significant influence on the system.

197. Palmer, R. J.: Investigation of the Effect
of Resin Material on Impact Damage to Graphite/
Epozy Composites. NASA CR-165677, May 1981.

81N24182+#

The results of an experimental program are de-
scribed which establishes the feasibility and guide-
lines for resin development. The objective was to
identify the basic epoxy neat-resin properties that
improve low-velocity impact resistance and tough-
ness of graphite/epoxy laminates and at the same
time maintain useful structural laminate mechanical
properties. Materials tests from twenty-three tough-
ened epoxy resin matrix systems are included.

198. Pang, S. S.; Zhang, Z. D.; Chern, S. S.; and
Hsiao, C. C.: Energy Absorption by Polymer Crazing.
NASA CR-173275, 1983.

84N163354
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During the past thirty years, a tremendous
amount of research was done on the development of
crazing in polymers. The phenomenon of crazing was
recognized as an unusual deformation behavior asso-
ciated with a process of molecular orientation in a
solid to resist failure. The craze absorbs a fairly large
amount of energy during the crazing process. When
a craze does occur the surrounding bulk material is
usually stretched to several hundred percent of its
original dimension and creates a new phase. The to-
tal energy absorbed by a craze during the crazing
process in creep was calculated analytically with the
help of some experimental measurements. A compar-
ison of the energy absorption by the new phase and
that by the original bulk uncrazed medium is made.

199. Paul, J. T. Jr.; and Buntin, G. A.: Graphite
Fiber Surface Treatment To Improve Impact Strength

and Fracture Resistance in Subsequent Composites.
NASA CR-165901, Dec. 1982.

83N16392#

Graphite (or carbon) fiber composite impact
strength improvement was attempted by modify-
ing the fiber surface. Elastomeric particles were
made into lattices and deposited ionically on surface
treated graphite fiber in an attempt to prepare a sur-
face containing discrete rubber particles. With hard,
nonelastomeric polystyrene, discrete particle cover-
age was achieved. All the elastomeric containing lat-
tices resulted in elastomer flow and filament agglom-
eration during drying.

200. Poe, C. C., Jr.; Illg, W.; and Garber,
D. P.. A Program To Determine the Effect of Low-
Velocity Impacts on the Strength of the Filament-
Wound Rocket Motor Case for the Space Shuttle.
NASA TM-87588, Sept. 1985.

86N11292#

Graphite/epoxy filament-wound cases (FWC) are
being developed for the solid rocket motors of the
space shuttle. The 12-foot-diameter FWC cases are
wound with AS4W graphite fiber impregnated with
an epoxy resin and are about 1.4 inches or more thick.
The impact tests are conducted on a representative
filament-wound laminate. The specimens are sup-
ported to simulate a fueled (stiff) and an empty (flex-
ible) case. Impactors of various kinetic energy, mass,
and shape are used. The conditions that give mini-
mum visual evidence of damage are emphasized. The
capability to characterize impact damage with vari-
ous nondestructive evaluation (NDE) methods is also
evaluated. After impact, the specimens are loaded
uniaxially in tension to determine residual strengths.
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The residual strengths of impacted specimens are
compared with fracture mechanics predictions based
on a semi-elliptic surface cut of the same size as the
impact damage.

201. Poe, C. C., Jr.; and Kennedy, J. M.: An
Assessment of Buffer Strips for Improving Damage
Tolerance of Composite Laminates. Journal of Com-
posite Materials Supplement, vol. 14, no. 1, 1980,
pp. 57-70.

81A23753#

Graphite/epoxy panels with buffer strips were
tested in tension to measure their residual strength
with crack-like damage. The buffer strips arrested
the cracks and increased the residual strengths sig-
nificantly over those of plain laminates without buffer
strips. A shear-lag type stress analysis correctly pre-
dicted the effects of layup, buffer material, buffer
strip width and spacing, and the number of plies of
buffer material.

202. Poe, C. C., Jr.: Tensile Strength of Composite
Sheets With Unidirectional Stringers and Crack-Like
Damage. NASA TM-86310, Sept. 1984.

85N 111394

The residual strength of composite sheets with
bonded composite stringers loaded in tension was
determined. The results are summarized. About
50 graphite/epoxy composite panels with crack-like
slots were monotonically loaded in tension to failure.
Both sheet layup and stringer configuration were var-
ied. The composite panels have considerable dam-
age tolerance. The stringers arrested cracks that ran
from the crack-like slots, and the residual strengths
were considerably greater than those of unstifffened
composite sheets.

203. Rhodes, M. D.; Williams, J. G.; and
Starnes, J. H., Jr.: Low-Velocity Impact Damage in
Graphite-Fiber Reinforced Epoxy Laminates. Rein-
forcing the Future (Proceedings of the Thirty-Fourth
Annual Conference, New Orleans, La., Jan. 30—
Feb. 2), Society of the Plastics Industry, Inc., 1979,
pp- 20-D1-20-D10.

7T9A31032#

An experimental investigation was conducted to
identify the failure mechanisms and to understand
damage propagation in compression-loaded compos-
ite structures. The tests were conducted on sev-
eral laminates of different ply orientation with thick-
ness that ranged from 0.56 to 0.75 cm. The pan-
els were damaged by 1.27-cm-diameter aluminum
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spheres propelled normal to the specimen surface at
velocities ranging from 30 m/s to 140 m/s. Results
indicate that there is significant internal laminate
damage due to low-velocity impact with no surface
damage. The internal damage consists of delamina-
tion and intraply cracking. Three damage propaga-
tion modes were identified as causing specimen fail-
ure, which are delamination, axial load-lateral defor-
mation coupling, and local shear failure.

204. Rhodes, M. D.; Williams, J. G.; and Starnes,
J. H., Jr.: Effect of Impact Damage on the Com-
pression Strength of Filamentary-Composite Hat-
Stiffened Panels. Selective Application of Materials
for Products and Energy (Proceedings of the Twenty-
Third National Symposium and Exhibition, Ana-
heim, Calif., May 2-4), Society for the Advance-
ment of Material and Process Engineering, 1978,

pp. 300-319.

79A20818

An experimental investigation was conducted to
evaluate the effect of low-velocity impact damage on
the compression strength of filamentary-composite
hat-stiffened panels. Twenty-four specimens of three
design configurations fabricated from graphite-epoxy
and boron-epoxy materials were tested. All three de-
sign configurations met the design buckling require-
ments in the undamaged condition. The impact dam-
age was caused by firing aluminum spheres at the
panels to simulate impact on aircraft from runway
stones. Test results suggest that impact damage may
be more dependent on the matrix properties than on
the fiber properties of the composite materials con-
sidered.

205. Rhodes, M. D.. Impact Tests on Fibrous
Composite Sandwich Structures. NASA TM-78719,
Oct. 1978.

78N33152

The effect of low-velocity impact on the strength
of laminates fabricated from graphite/epoxy and
Kevlar 49/epoxy composite materials was studied.
The test laminates were loaded statically either in
uniaxial tension or compression when impact oc-
curred to evaluate the effect of loading on the ini-
tiation of damage and/or failure. Typical aircraft
service conditions such as runway debris encountered
during landing were simulated by impacting 1.27-cm-
diameter projectiles normal to the plane of the test
laminates at velocities between 5.2 and 48.8 m/s.

206. Rhodes, M. D.; and Williams, J. G.: Con-
cepts for Improving the Damage Tolerance of Com-
posite Compression Panels. Paper presented at U.S.

Department of Defense and NASA 5th Conference
on Fibrous Composites in Structural Design, New
Orleans, La., Jan. 27-29, 1981.

81A32825#

The results of an experimental evaluation of
graphite-epoxy composite compression panel impact
damage tolerance and damage propagation arrest
concepts are reported. The tests were conducted
on flat plate specimens and blade-stiffened struc-
tural panels such as those used in commercial air-
craft wings, and the residual strength of damaged
specimens and their sensitivity to damage while sub-
jected to in-plane compression loading were deter-
mined. Results suggest that matrix materials that
fail by delamination have the lowest damage toler-
ance, and it is concluded that alternative matrix ma-
terials with transverse reinforcement to suppress the
delamination failure mode and yield the higher-strain
value transverse shear crippling mode shouid be
developed.

207. Rhodes, M. D.; Mikulas, M. M., Jr.; and
McGowan, P. E.: Effect of Orthotropic Properties
and Panel Width on the Compression Strength of
Graphite-Epoxy Laminates With Holes. 23rd AIAA
Structures, Structural Dynamics and Materials Con-
ference (New Orleans, La., May 10-12), Collection of
Technical Papers, Part 1, 1982, pp. 338-351. (Avail-
able as ATAA Paper 82-0749.)

82A30112#

An experimental study conducted to evaluate
the effect of laminate orthotropic properties and
panel width on the compression strength of 48-ply
graphite-epoxy laminates with drilled holes is de-
scribed. The test results are evaluated on the ba-
sis of hole size and specimen width and are used
in determining parameters necessary for predicting
trends using the point stress failure criterion. Good
agreement is obtained between experimental and pre-
dicted values of failure for panels fabricated from two
quasi-isotropic laminates and one orthotropic lam-
inate. The results suggest that panels of different
widths having holes that are large in relation to the
failure prediction parameter should be included in
any test program conducted to develop prediction
trends that may be used in design applications.

208. Sankar, B. V.; and Sun, C. T.: Low-Velocity
Impact Response of Laminated Beams Subjected to
Initial Stresses. AIAA Journal, vol. 23, Dec. 1985,
pp. 1962-1969.

86A171464#
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Finite element procedures are used in conjunction
with a numerical algorithm to compute the impact
response of a graphite-epoxy laminated beam sub-
jected to tensile initial stresses. The effects of initial
stresses on the contact duration, impact force, coef-
ficient of restitution, and bending and shear stresses
are discussed. The analytically computed contact
force history and strain response are compared with
some experimental results.

209. Schramm, S. W.; and Daniel, I. M.: Embedded
Gage Impact Study. NASA CR-172227, Jan. 1984.

84N17558#

Impact damage in graphite/epoxy laminates was
characterized and transient strain history during im-
pact was correlated. The specimens were circular
plates 12.7 ¢cm (5 in.) in diameter and clamped along
their circumference. The specimens were impacted
with a 185 gm impactor, dropped from heights of
1.20 m and 1.65 m. An accelerometer was attached to
the back surface of the specimen opposite the impact
point and was used to trigger the recording instru-
mentation. The transient strain data were recorded
with an eight channel waveform digitizer capable of
sampling data at 0.5 usec intervals. The data were
stored, processed, and plotted by means of a micro-
computer. Transient strain data were correlated with
results from ultrasonic inspection of the specimens.

210. Sharma, A. V.: Low-Velocity Impact Tests on
Fibrous Composite Sandwich Structures. Test Meth-
ods and Design Allowables for Fibrous Composites
(Proceedings of the Symposium, Dearborn, Mich.,
Oct. 2-3, 1979), ASTM, 1981, pp. 54-70.

81A47805

The effect of low-velocity projectile impact on
the load-carrying ability of the composite sandwich
structural components is investigated experimen-
tally. The impact simulates the damage caused by
runway debris and the accidental dropping of hand
tools during servicing on secondary aircraft struc-
tures made with composites.

211. Sharma, A. V.. Design and Testing of
Small Composite Spectmens. NASA CR-169059,
Dec. 1981.

82N26393#

The effect of specimen size on the buckling strains
of laminates subjected to low-velocity projectile im-
pact was investigated. The fiber composite selected
was the T300/5208 graphite/epoxy system. The
quasi-isotropic laminates tested had 16 and 32 plies.
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The results were compared with those of a 48-ply
laminate. Specimens of three different lengths with
length to width aspect ratios of 1, 1.5, and 2 were
also studied. The results show that (1) the specimen
length does not have any significent influence on the
buckling strains at failure caused by the projectile
impact, and (2) the influence of specimen thickness
on the strains at failure decreases as the velocity of
the impacting projectile increases.

212. Sharma, A. V.. Effect of Temperature
on Composite Sandwich Structures Subjected to
Low-Velocity Projectile Impact. ASME Paper 78-
WA/AERO-2, 1978.

T9A19716+#

An experimental investigation was conducted to
study the effect of low-velocity projectile impact
on graphite/epoxy and Kevlar 49/epoxy sandwich
structural components. Testing was performed at
moderately low and high temperatures to assess the
strength degradation of composites as compared to
room temperature values. Low energy projectile im-
pact is considered to simulate the damage caused by
runway debris such as small rocks, dropping of hand
tools during servicing, etc., on secondary aircraft
structures fabricated out of composites. The preload
and impact energy necessary to cause catastrophic
failure were determined. The residual strength of
impact-damaged specimens was also measured.

213. Sharma, A. V.: Damage Tolerance of Com-
posite Sandwich Structures Subjected to Projectile
Impact. New Horizons—Materials and Processes for
the Eighties (Proceedings of the Eleventh National
Conference, Boston, Mass., Nov. 13-15), Society for
the Advancement of Material and Process Engineer-
ing, 1979, pp. 900-917.

80A34812

An experimental investigation was conducted to
evaluate the effect of low-velocity projectile im-
pact on the strength carrying ability of secondary
aerospace structural components fabricated with
graphite/epoxy composite materials. The preload
and the impact energy combinations necessary to
cause catastrophic failure were determined. Those
specimens that survived the projectile impact were
evaluated for residual strength.

214. Shivakumar, K. N.; Elber, W.; and Qllg, W.:
Prediction of Impact Force and Duration Due to
Low-Velocity Impact on Circular Composite Lami-
nates. ASME Transactions, Journal of Applied Me-
chanics, vol. 52, Sept. 1985, pp. 674-680.

86A10514#
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Two simple and improved models—energy-
balance and spring-mass—were developed to calcu-
late impact force and duration during low-velocity
impact of circular composite plates. Both models in-
clude the contact deformation of the plate and the
impactor as well as bending, transverse shear, and
membrane deformations of the plate. The plate was
transversely isotropic graphite/epoxy composite lam-
inate and the impactor was a steel sphere. Calculated
impact forces from the two analyses agreed with each
other. The analyses were verified by comparing the
results with reported test data.

215. Shivakumar, K. N.; and Elber, W.: Delam-
ination Growth Analysis in Quasi-Isotropic Lami-
nates Under Loads Simulating Low-Velocity Impact.
ATAA Paper 84-0962, 1984.

84A331414

A geometrically nonlinear finite-element analysis
has been developed to calculate the strain energy re-
leased by delaminating plates during impact load-
ing. Only the first mode of deformation, which is
equivalent to static deflection, was treated. Both the
impact loading and delamination in the plate were
assumed to be axisymmetric. The strain energy re-
lease rates in peeling and shear sliding modes were
calculated using the fracture mechanics crack closure
technique. Energy release rates for various delami-
nation sizes and locations for various plate configu-
rations and materials were compared.

216. Shivakumar, K. N.; Elber, W.; and Illg, W.:
Analysis of Progressive Damage in Thin Circular
Laminates Due to Static-Equivalent Impact Loads.
24th AIAA Structures, Structural Dynamics and
Materials Conference (Lake Tahoe, Nev., May 2-4),
Collection of Technical Papers, Part 2, 1983,
pp. 606—615. (Available as ATAA Paper 83-0997.)

83A29872#

Clamped circular graphite/epoxy plates (25.4-,
38.1-, and 50.8-mm radii) with an 8-ply quasi-
isotropic layup were analyzed for static-equivalent
impact loads using the minimum-total-potential-
energy method and the von Karman strain-
displacement equations. A step-by-step incremental
transverse displacement procedure was used to calcu-
late plate load and ply stresses. The ply failure region
was calculated using the Tsai-Wu criterion. The cor-
responding failure modes (splitting and fiber failure)
were determined using the maximum stress criteria.
The first failure mode was splitting and initiated
in the bottom ply. The splitting-failure thresholds
were relatively low and tended to be lower for large

plates than for small plates. The splitting-damage
region in each ply was elongated in its fiber direc-
tion; the bottom ply had the largest damage region.
The calculated damage region for the 25.4-mm-radius
plate agreed with limited static test results from the
literature.

217. Shuart, M. J.; and Williams, J. G.: Compres-
sion Failure Characteristics of +45-Deg-Dominated
Laminates With a Circular Hole or Impact Damage.
25th AIAA Structures, Structural Dynamics and Ma-
terials Conference (Palm Springs, Calif., May 14-16),
Technical Papers, Part 1, 1984, pp. 399-409. (Avail-
able as ATAA Paper 84-0848.)

84A31669

An investigation of the compression failure char-
acteristics of +45-deg-dominated laminates with a
circular hole or impact damage was conducted.
Graphite-epoxy laminates consisting of all +45-deg
plies and of +-45-deg and 90-deg plies were evaluated.

218. Starnes, J. H. Jr.; Rhodes, M. D.; and
Williams, J. G.: Effect of Impact Damage and Holes
on the Compressive Strength of a Graphite/Epoxy
Laminate. Nondestructive Evaluation and Flaw Crit-
tcality for Composite Materials (Proceedings of the
Symposium, Philadelphia, Pa., Oct. 10-11, 1978),
ASTM, 1979, pp. 145-171.

80A33385

An experimental investigation has been con-
ducted to determine the effect of low-velocity impact
damage and unloaded circular holes on the compres-
sive strength of a 48-ply orthotropic graphite/epoxy
flat laminate. Specimens were impacted by a 1.27-
cm-diameter aluminum sphere with speeds from 52 to
101 m/s to simulate momenta typical of low-velocity
impact hazards that can occur in commercial aircraft
service. It is shown that low-velocity impact dam-
age can significantly degrade the static compressive
strength of the laminate. Specimens that fail at ax-
ial strains above 0.008 in the undamaged condition
can fail at strains as low as 0.0031 when impacted at
100 m/s. Circular holes also reduce the static com-
pressive strength of the laminate. The failure strain
decreases as the hole diameter increases.

219. Sun, C. T.; and Chen, J. K.: On the
Impact of Initially Stressed Composite Laminates.
Journal of Composite Materials, vol. 19, Nov. 1985,
pp- 490-504.

86A17637
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The impact response behavior of initially stressed
composite laminates is investigated using the finite
element method. An experimentally established con-
tact law is incorporated into the finite element pro-
gram. The Newmark time integration algorithm is
used for solving the time dependent equations of the
plate and the impactor. Numerical results, including
the contact force history, deflection, and strain in the
plate, are presented. Effects of impact velocity, ini-
tial stress, and the mass and size of the impactor are
discussed.

220. Sun, C.T.; and Sankar, B. V.: Smooth Inden-
tation of an Initially Stressed Orthotropic Beam. In-
ternational Journal of Solids and Structures, vol. 21,
no. 2, 1985, pp. 161-176.

85A32568

The contact behavior between a smooth rigid
cylinder and a simply supported orthotropic beam
under uniaxial initial stresses is studied. The dis-
placements are computed by superposing the Mindlin
plate solution with the solution obtained from Biot’s
theory of incremental deformation. Finite Fourier
transforms are used in solving the equations. A point
matching technique is used to compute the contact
stresses and the amount of indentation for a given
contact length. The effects of orthotropy and initial
stresses on the contact stress distribution are inves-
tigated. An indentation law is established from the
numerical results.

221. Sykes, G. F.; and Stoakley, D. M.: Impact
Penetration Studies of Graphite/Epoxy Laminates.
Materials 1980 (Proceedings of the Twelfth National
Technical Conference, Seattle, Wash., Oct. 7-9), So-
ciety for the Advancement of Material and Process
Engineering, 1980, pp. 482-493.

81A43632

A single epoxy system, NARMCO 5208, in both
composite and cured neat-resin form was studied
with a constant velocity impact test apparatus. The
parameters investigated include resin cure tempera-
ture, fiber type, ply thickness and orientation, and
impact velocity. The results from the study show
that matrix chemistry, as obtained by cure tempera-
ture changes, has a significant effect upon the failure
mode and energy absorption during impact.

222. Williams, J. G.; and Rhodes, M. D.:
Effect of Resin on Impact Damage Tolerance of
Graphite/Epoxy Laminates. Composite Materials:
Testing and Design (Sizth Conference), ASTM, 1982,
pp. 450-480.

84A27357
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Twenty-four different epoxy resin systems were
evaluated by a variety of test techniques to iden-
tify materials that exhibited improved impact dam-
age tolerance in graphite/epoxy composite laminates.
Forty-eight-ply composite panels of five of the mate-
rial systems were able to sustain 100 m/s impact by
a 1.27-cm-diameter aluminum projectile while stati-
cally loaded to strains of 0.005. Of the five materials
with the highest tolerance to impact, two had elas-
tomeric additives, two had thermoplastic additives,
and one had a vinyl modifier; all the five systems
used bisphenol A as the base resin. An evaluation of
test results shows that the laminate damage tolerance
is largely determined by the resin tensile properties,
and that improvements in laminate damage tolerance
are not necessarily made at the expense of room-
temperature mechanical properties. The results also
suggest that a resin volume fraction of 40 percent or
greater may be required to permit the plastic flow
between fibers necessary for improved damage toler-
ance.

223. Williams, J. G.; Anderson, M. S.; Rhodes,
M. D.; Starnes, J. H., Jr.; and Stroud, W. J.: Recent
Developments in the Design, Testing and Impact-
Damage Tolerance of Stiffened Composite Panels.
Fibrous Composites in Structural Design, Plenum
Press, 1980, pp. 259-291.

82A27140

The structural technology of laminated
filamentary-composite stiffened-panel structures un-
der combined in-plane and lateral loadings is dis-
cussed. Emphasis is on analyzing the behavior of
the structures under load, determining appropriate
structural proportions for weight efficient configu-
rations, and effects of impact damage and geomet-
ric imperfections on structural performance. Exper-
imental data on buckling of panels under in-plane
compression validate the analysis and sizing methods
and illustrate structural performance and efficiency
obtained from representative structures. It is shown
that the strength of panels under in-plane compres-
sion can be degraded by low-velocity impact dam-
age, and data are presented which indicate that the
matrix is a significant factor influencing tolerance to
impact damage.

224. Williams, J. G.: Effect of Impact Damage and
Open Holes on the Compression Strength of Tough
Resin/High  Strain Fiber Laminates—Graphite-
Epozxy Composites. NASA TM-85756, Feb. 1984.

84N20650+4#




Structural damage and design-based inclusions
such as cutouts can reduce significantly the strength
of graphite-epoxy laminates. One composite mechan-
ics research activity at the Langley Research Center
is to assess and improve the performance of compos-
ite structures. Reductions in strength are common
to both tension and compression loaded laminates;
however, the problem associated with compression
performance is the most difficult to solve. Compres-
sion failure involves both shear crippling and delam-
ination modes. Several graphite-epoxy material sys-
tems proposed for improved damage tolerance were
studied. Material parameters included both tough
resin formulations and high strain fibers.

225. Ying, L.: Role of Fiber/Matrix Interphase in
Carbon Fiber-Epoxy Composite Impact Toughness.
SAMPE Quarterly, vol. 14, Apr. 1983, pp. 26-33.
(Presented ai 38th Society of Plastics Industry An-
nual Conference of the Reinforced Plastics, Houston,
Tex., Feb. 1983.)

84A14287

Experimental results were obtained which show
the effect of the interphase on composite perfor-
mance. Various finish variants were formulated,
based on different chemical and mechanical proper-
ties and applied to Celion 6000 carbon fiber. Bond
strength and failure mechanisms were studied.

Fatigue and fracture

226. Bakis, C. E.; and Stinchcomb, W. W.: Re-
sponse of Thick, Notched Laminates Subjected to
Tension-Compression Cyclic Loads. Paper presented
at the ASTM Symposium on Composite Materi-
als: Fatigue and Fracture, Dallas, Tex., Oct. 24-25,
1985.

86N21610+#

The fatigue response of a T300-5208 graphite-
epoxy laminate with a drilled center hole subjected
to fully reversed tension-compression (R = —1) con-
stant amplitude loading was investigated. Damage
evaluation techniques such as stiffness monitoring,
penetrant-enhanced X-ray radiography, C-scan, lam-
inate deply, and residual strength were used to es-
tablish the mechanisms of damage development as
well as the relations between this damage and the
stiffness, strength, and life of the laminate.

227. Bigelow, C. A.: Fatigue of Graphite/Epozy
Buffer Strip Panels With Center Cracks. NASA
TM-87595, Aug. 1985.

86N 105814

The effects of fatigue loading on the behavior of
graphite/epoxy panels with either S-Glass or Kevlar-
49 buffer strips are studied. Buffer strip panels were
fatigued and tested in tension to measure their resid-
ual strength with crack-like damage. The buffer
strips were parallel to the loading direction and made
by replacing narrow strips of the 0-degree graphite
plies with strips of either 0-degree S-Glass/epoxy or
Kevlar-49/epoxy on a one-for-one basis. The pan-
els were subjected to a fatigue loading spectrum
MINITWIST, the shortened version of the standard-
ized load program for the wing lower surface of a
transport aircraft.

228. Bigelow, C. A.: A Cracked Orthotropic
Sheet Stiffened by a Semi-Infinite Orthotropic Sheet.
NASA TP-2455, July 1985.

85N32339#

The stress intensity factor is determined for a
cracked orthotropic sheet adhesively bonded to an
orthotropic stringer. Since the stringer is modeled as
a semi-infinite sheet, the solution is most appropriate
for a crack tip located near a stringer edge. Both
adherends are treated as homogeneous, orthotropic
media. It is assumed they are in plane stress and the
adhesive is in pure shear.

229. Bigelow, C. A.: Effect of Debond Growth
on Stress-Intensity Factors in a Cracked Orthotropic
Sheet Stiffened by a Semi-Infinite Orthotropic Sheet.
NASA TM-87598, Jan. 1986.

86N 166144

Stress-intensity factors are determined for a
cracked infinite sheet adhesively bonded to a stringer,
and debonding of the adhesive layer is predicted. The
stringer is modeled as a semi-infinite sheet. Adhe-
sive nonlinearity is also included. Both the sheet
and stringer are treated as homogeneous, orthotropic
materials.

230. Cantrell, J. H., Jr.; Winfree, W. P.; and
Heyman, J. S.: Profiles of Fatigue Damage in
Graphite/Epoxy Composites From Ultrasonic Trans-
mission Power Spectra. Recent Advances in Com-
posites in the United States and Japan (Proceedings
of the Symposium, Hampton, Va., June 6-8, 1983),
ASTM, 1985, pp. 197-206.

85A46535
Early fatigue damage in non-unidirectional,
multi-ply graphite/epoxy composites is manifested

by a distribution of cracks and disbonds through the
bulk of the material. Such damage is subtle and is
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difficult to detect with conventional ultrasonic tech-
nology. Consequently, a new ultrasonic measurement
technique called phase-insensitive tone-burst spec-
troscopy has been developed. The new technique
eliminates problems associated with phase cancella-
tion and pulse shape artifacts inherent to conven-
tional broadband ultrasonic spectral measurement
systems and produces clean spectral information irre-
spective of specimen inhomogeneity or irregularities
in surface geometry.

231. Crews, J. H., Jr.: Bolt-Bearing Fatigue
of a Graphite/Epoxy Laminate. Joining of Com-
posite Materials (Proceedings of the Symposium,
Minneapolis, Minn., Apr. 16, 1980), ASTM, 1981,
pp. 131-144.

82A20983

Graphite/epoxy laminates (T300/5208) were
tested under bolt-bearing loads for a range of bolt
clampup torques and for several test conditions
involving water. High clampup torque improved
both the static strength and fatigue limit by about
100 percent compared to a simple pin-bearing case,
which had no through-the-thickness constraint. The
static strength improvement was explained in terms
of failure modes.

232. Dharani, L. R.; and Goree, J. G.: Analysis
of a Hybrid, Unidirectional Buffer Strip Laminate.
Composite Structures 2 (Proceedings of the Second
International Conference, Paisley, Scotland, Sept.
14-16), Applied Science Publishers (London), 1983,
pp- 453-466.

84A10452

A method of analysis capable of predicting ac-
curately the fracture behavior of a unidirectional
composite laminate containing symmetrically placed
buffer strips is presented. As an example, for a dam-
aged graphite/epoxy laminate, the results demon-
strate the manner in which to select the most effi-
cient combination of buffer strip properties necessary
to inhibit crack growth.

233. Dharani, L. R.; and Goree, J. G.: Analysis
of a Unidirectional, Symmetric Buffer Strip Lami-
nate With Damage. Engineering Fracture Mechan-
ics, vol. 20, no. 5-6, 1984, pp. 801-811.

85A21928

A method for predicting the fracture behavior of
hybrid buffer strip laminates is presented in which
the classical shear-lag model is used to represent
the shear stress distribution between adjacent fibers.
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The method is demonstrated by applying it to a
notched graphite/epoxy laminate, and the results
show clearly the manner in which the most efficient
combination of buffer strip properties can be selected
in order to arrest the crack.

234. Francis, P. H.; Walrath, D. E.; Sims, D. F,;
and Weed, D. N.: Biaxial Fatigue Loading of Notched
Composites. Journal of Composite Materials, vol. 11,
Oct. 1977, pp. 488-501.

78A17796#

Thin-walled, 2.54-cm diameter tubular specimens
of graphite/epoxy were fatigue cycled in combina-
tions of axial, torsional, and internal pressure load-
ing. S-N curves were developed to characterize fa-
tigue behavior under pure axial, torsional, or internal
pressure loading, as well as combined loading fatigue.

235. Goree, J. G.; and Kaw, A. K.: Shear-Lag
Analysis of Notched Laminates With Interlaminar
Debonding. NASA CR-3798, May 1984.

84N23697#

The fracture behavior of a debonded zone of fi-
nite width with no longitudinal damage in the uni-
directional ply is predicted and the solution is then
extended to include longitudinal matrix yielding and
splitting in the unidirectional ply at the crack tip.
The shear-lag assumption is used to describe the
shear transfer between fibers. The fracture behavior
of the laminate is studied as a function of initial crack
length, constraint ratio, and width of the debonded
zone. Results indicate that debonding can reduce the
maximum fiber stress at the crack tip on the order
of ten percent.

236. Goree, J. G.; and Dharani, L. R.: Anal-
ysis of a Hybrid, Uni-Directional Laminate With
Damage. Mechanics of Composite Materials: Recent
Advances (Proceedings of the Symposium, Blacks-
burg, Va., Aug. 16-19, 1982), Pergamon Press, 1983,
pp. 163-177.

84A33382

The fracture behavior of hybrid (buffer strip)
laminated composites is predicted by a novel method
in terms of material properties, geometry, and inter-
nal damage. Attention is given to the cases of broken
fibers in a uni-directional half-plane, adjoined half-
planes having different fiber and matrix properties,
and the solution of two half-planes bounding a third
distinct region of finite width. The analysis is based
on a materials modeling approach using the classical
shear-lag assumption to represent the stress transfer
between fibers.




237. Goree, J. G.; Dharani, L. R.; and Jones,
W. F.: Mathematical Modeling of Damage in Unidi-
rectional Composites. NASA CR-3453, Aug. 1981.

81N29166#

A review of some approximate analytical models
for damaged fiber reinforced composite materials is
presented. Using the classical shear lag stress dis-
placement assumption, solutions are presented for a
unidirectional laminate containing a notch, a rectan-
gular cut-out, and a circular hole. The models ac-
count for longitudinal matrix yielding and splitting
as well as transverse matrix yielding and fiber break-
age. The constraining influence of a cover sheet on
the unidirectional laminate is also modeled.

238. Goree, J. G.: Preliminary Investigation of
Crack Arrest in Composite Laminates Containing
Buffer Strips. NASA CR-3000, 1978.

7T8N254594#

The mechanical properties of some hybrid buffer
strip laminates and the crack arrest potential of
laminates containing buffer strips were determined.
The hybrid laminates consisted of graphite with ei-
ther S-glass, E-glass, or Kevlar. Unnotched tensile
coupons and center-cracked fracture coupons were
tested. Elastic properties, complete stress/strain
curves, and critical stress intensity values are given.
The measured elastic properties compare well with
those calculated by classical lamination theory for
laminates with linear stress/strain behavior.

239. Goree, J. G.; and Wolla, J. M.: Longitudinal
Splitting in Unidirectional Composites, Analysis and
Ezperiments. NASA CR-3881, Apr. 1985.

85N22639+#

An experimental study was conducted to deter-
mine the fracture behavior of center notched, unidi-
rectional graphite/epoxy laminates when subjected
to tensile loading. The actual behavior is compared
to the behavior predicted by a mathematical model
based on classical shear-lag assumptions.

240. Goree, J. G.: The Accuracy of Approximate
Solutions in the Analysis of Fracture of Composites.
NASA CR-175738, May 1985.

85N25437#

This paper concerns the accuracy of three related
mathematical models (developed by Hedgepeth,
Eringen and Sendeckyj, and Jones) used in the stress
analysis and in fracture studies of continuous-fiber
composites. These models have particular applica-
tions in the investigation of fiber and matrix stresses

in unidirectional composites in the region near a
crack tip. The interest in such models is motivated
by the desire to be able to simplify the equations of
elasticity to the point that they can be solved in a
relatively easy manner.

241, Gregory, M. A.; Choksi, G. N.; and Her-
akovich, C. T.: Orthotropic Fracture Using a Singu-
lar Isoparametric Element. Proceedings of the Pres-

sure Vessels and Piping Conference (New Orleans,
La., June 23-26), ASME, 1985, pp. 227-234.

86A26895#

The six noded quarter point natural isoparamet-
ric triangular element is employed to obtain displace-
ment and stress distributions in the vicinity of the
crack tip in a center-cracked tensile coupon of unidi-
rectional graphite epoxy. The material is considered
to be homogeneous, elastic, and orthotropic. The fi-
nite element results are compared to the analytical
solution of anisotropic elasticity.

242. Gregory, M. A.; and Herakovich, C. T.:
Predicting Crack Growth Direction in Unidirectional
Composites. Journal of Composite Materials, vol. 20,
Jan. 1986, pp. 67-85.

86A23374

The purpose of this study was to gain a better
understanding of the parameters affecting crack
growth direction in unidirectional composite mate-
rials. To achieve this, the effect of anisotropy and bi-
axial far field loading on the direction of crack growth
in unidirectional off-axis composite materials was
investigated.

243. Grimes, G. C.: Structural Design Signifi-
cance of Tension-Tension Fatigue Data on Compos-
ites. Composite Materials: Testing and Design (Pro-
ceedings of the Fourth Conference, Valley Forge, Pa.,
May 3-4, 1976), ASTM, 1977, pp. 106-119.

78A12058

Constant cycle tension-tension fatigue and re-
lated static tension data were generated on six sin-
gle composite material /orientation combinations and
twenty-one hybrid composite material/orientation
combinations. The significance of these room
temperature-dry data on the design allowables and
weight of aerodynamic structures is discussed.

244. Hardrath, H. F.: Reliability Assurance of
Aircraft Structures. Proceedings of the Twenty-
Fourth Sagamore Army Materials Research Con-
ference (Raquette Lake, N.Y., Aug. 21-26, 1977),
Plenum Press, 1980, pp. 313-325.

80A 48938
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The procedures for assuring high reliability in air-
craft structures are studied. Consideration is given
to a statistical approach, airworthiness specifications,
and their impact. Reliability of inspections and reli-
ability in composite structures are outlined.

245. Harris, C. E.; Morris, D. H.; and Poe,
C. C., Jr.: The Fracture Behavior of Filament Wound
Cylinders With Surface Flaws. 26th AIAA Struc-
tures, Structural Dynamics and Materials Confer-
ence (Orlando, Fla., Apr. 15-17), Technical Papers,
Part 1, 1985, pp. 218-224. (Available as ATAA Paper
85-0650.)

85A30250#

The behavior of tensile coupons with surface
notches of various semielliptical shapes has been eval-
uated for specimens obtained from a thick filament
wound graphite/epoxy cylinder. Specimens with
very shallow notches were observed to be notch insen-
sitive. Specimens with deeper notches were sensitive
to notch depth and notch aspect ratio.

246. Harris, C. E.; and Morris, D. H.: An
Evaluation of the Effects of Stacking Sequence and
Thickness on the Fatigue Life of Quasi-Isotropic
Graphite/Epoxy Laminates. Recent Advances in
Composites in the United States and Japan (Proceed-
ings of the Symposium, Hampton, Va., June 6-8,
1983), ASTM, 1985, pp. 153-172.

85A46533

Notched and unnotched geometries at 16-, 32-,
and 64-ply thicknesses of a 90/45/0/—45 (ns) lami-
nate and a 45/0/—45/90 (ns) laminate were tested
in compression-compression fatigue. The fatigue life
and the initiation, type, and progression of damage
were determined. Interlaminar stresses generated at
straight, free edges of axially loaded laminates were
used to interpret the test results. The fatigue lives of
the notched specimens did not appear to be a strong

function of laminate stacking sequence or specimen
thickness.

247. Harris, C. E.;; and Morris, D. H.: On the
Use of Crack-Tip-Opening Displacement To Predict
the Fracture Strength of Notched Graphite/Epoxy
Laminates. Ezperimental Mechanics, vol. 25, June
1985, pp. 193-199. (Presented at 5th Interna-
tional Congress on Experimental Mechanics, Mon-
treal, Canada, June 10-15, 1984.)

85A39235
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The fracture strength of notched graphite/epoxy
laminates was measured experimentally. Four repli-
cate tests were conducted for a variety of laminate-
stacking sequences, thicknesses, and notch lengths.
Extensive notch-tip damage prior to fracture was
characteristic of most laminates.

248. Harris, C. E.; and Morris, D. H.: A Com-
parison of Several Methods of Calculating Frac-
ture Toughness From Composite Laminate Test
Data. Proceedings of the Society for Ezperimental
Stress Analysis Spring Conference (Cleveland, Ohio,
May 15-19, 1983), 1984, pp. 405-412.

84A49592#

Critical fracture toughness was determined by
two different techniques for graphite/epoxy lami-
nates of three stacking sequences and several thick-
nesses. Critical fracture toughness was determined
by a finite element stress analysis of a center-cracked
tension specimen which yielded the stress intensity
factor as a function of specimen thickness and ap-
plied load. As an alternative approach the critical
strain energy release rate was determined from the
compliance calibration technique. Test results from
both procedures are compared and discussed.

249. Harris, C. E.; and Morris, D. H.: Fracture
Behavior of Thick, Laminated Graphite/Epozy Com-
posites. NASA CR-3784, Mar. 1984.

84N20648

The research concentrated on the measurement of
fracture toughness utilizing the center-cracked ten-
sion, compact tension, and three point bend speci-
men configurations. The development of subcritical
damage at the crack tip was studied nondestructively
using enhanced X-ray radiography and destructively
using the laminate deply technique. The test results
showed fracture toughness to be a function of lami-
nate thickness.

250. Humphreys, E. A.; and Rosen, B. W.: De-
velopment of a Realistic Stress Analysis for Fatigue
Analysis of Notched Composite Laminates. NASA
CR-159119, May 1979.

80N11146+

A finite element stress analysis which consists of
a membrane and interlaminar shear spring analysis
was developed. This approach was utilized in order
to model physically realistic failure mechanisms while
maintaining a high degree of computational economy.
The accuracy of the stress analysis predictions is ver-
ified through comparisons with other solutions to the




composite laminate edge effect problem. The stress
analysis model was incorporated into an existing fa-
tigue analysis methodology and the entire procedure
was computerized. A fatigue analysis is performed
upon a square laminated composite plate with a cir-
cular central hole. A complete description and users
guide for the computer code FLAC (Fatigue of Lam-
inated Composites) is included as an appendix.

251. Jones, D. L.; and Whitworth, H. A.: Determi-
nation of the Stiffness Reduction of Graphite/Epoxy
Laminates Under Cyclic Loading. 25th AIAA Struc-
tures, Structural Dynamics and Materials Conference
(Palm Springs, Calif., May 14-16), Technical Papers,
Part 1, 1984, pp. 428-435. (Available as AIAA Paper
84-0863.)

84A31672#

A series of tests has been performed to determine
the effect of fatigue loading on the stiffness degrada-
tion of graphite/epoxy composite materials. Speci-
mens were tested in tension-tension fatigue at a load-
ing frequency of 10 Hz and a stress ratio of 0.1, for
a wide range of stress levels. During this investiga-
tion, both static and dynamic stiffnesses were contin-
ually monitored for the range of stress levels tested,
and the results are presented in tabular and graphical
form.

252. Kennedy, J. M.: Fracture Behavior of Hy-
brid Composite Laminates. 24th AIAA Structures,
Structural Dynamics and Materials Conference (Lake
Tahoe, Nev., May 2-4), Collection of Technical Pa-
pers, Part 1, 1983, pp. 68-78. (Available as ATAA
Paper 83-0804.)

83A29736+#

The tensile fracture behavior of 15 center-notched
hybrid laminates was studied. Three basic lami-
nate groups were tested: (1) a baseline group with
graphite/epoxy plies, (2) a group with the same
stacking sequence but where the zero-deg plies were
one or two plies of S-glass or Kevlar, and (3) a group
with graphite plies but where the zero-deg plies were
sandwiched between layers of perforated Mylar. Re-
sults of the tests showed that the hybrid laminates
had higher fracture toughnesses than comparable all-
graphite laminates. The higher fracture toughness
was due primarily to the larger damage region at the
ends of the slit; delamination and splitting lowered
the stress concentration in the primary load-carrying
plies.

253. Kennedy, J. M.: Tensile Stress-Strain Behav-
ior of Hybrid Composite Laminates. Paper presented

at Society of Experimental Stress Analysis Spring
Conference, Cleveland, Ohio, May 15-20, 1983.

83A 28900+

A study was made of the stress-strain response of
several hybrid laminates, and the damage was cor-
related with nonlinear stress-strain response and ul-
timate strength. The fibers used in the laminates
were graphite, S-glass, and Kevlar. Some laminates
with graphite fibers had perforated Mylar film be-
tween plies, which lowered the interlaminar bond
strength. The laminate configurations were chosen
to be like those of buffer strips in large panels and
fracture coupons. Longitudinal and transverse spec-
imens were loaded in tension to failure. Some spec-
imens were radiographed to reveal damage due to
edge effects. Stress-strain response is discussed in
terms of damage shown by the radiographs. Ultimate
strengths are compared with simple failure criteria,
one of which accounts for damage.

254. Kress, G. R.; and Stinchcomb, W. W.: Fa-
tigue Response of Notched Graphite/Epoxy Lam-
inates.  Recent Advances in Composites in the
United States and Japan (Proceedings of the Sympo-
sium, Hampton, Va., June 6-8, 1983), ASTM, 1985,
pp. 173-196.

85A46534

Tests were performed to determine the dam-
age states caused by cyclic tensile loading in quasi-
isotropic graphite/epoxy laminates with center holes.
The influence of the stacking sequence on the initia-
tion and interaction of damage modes and the rela-
tionship between damage, strength, stiffness, and life
of the laminates were also studied.

255.  Kulkarni, S. V.; and McLaughlin, P. V.,
Jr.. An Engineering Approach to the Prediction
of Fatigue Behavior of Unnotched/Notched Fiber
Reinforced Composite Laminates. Proceedings of
the 83rd Reinforced Plastics/Composites Institute
Annual Conference (Washington, D.C., Feb. 7-10),
Society of the Plastics Industry, Inc., 1978,
pp. 12-D1-12-D6.

T9A155314

An engineering approach is proposed for pre-
dicting unnotched/notched laminate fatigue behav-
ior from basic lamina fatigue data. The fatigue anal-
ysis procedure was used to determine the laminate
property (strength/stiffness) degradation as a func-
tion of fatigue cycles in uniaxial tension and in plane
shear. These properties were then introduced into
the failure model for a notched laminate to obtain
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damage growth, residual strength, and failure mode.
The approach is thus essentially a combination of the
cumulative damage accumulation (akin to the Miner-
Palmgren hypothesis and its derivatives) and the
damage growth rate (similar to the fracture mechan-
ics approach) philosophies. An analysis/experiment
correlation appears to confirm the basic postulates of
material wearout and the predictability of laminate
fatigue properties from lamina fatigue data.

256. Liber, T.; and Daniel, I. M.: Ewvaluation of
Composite Flattened Tubular Specimens. NASA CR-
145353, June 1978,

78N25133+#

Flattened tubular specimens of graphite/epoxy,
S-glass/epoxy, Kevlar-49/epoxy, and graphite/
S-glass/epoxy hybrid materials were evaluated un-
der static and cyclic uniaxial tensile loading and
compared directly with flat coupon data of the
same materials generated under corresponding load-
ing conditions. Statically tested graphite/epoxy,
S-glass/epoxy, and Kevlar-49/epoxy flattened tube
specimens exhibit somewhat higher average strengths
than their corresponding flat coupons. Fatigue tested
flattened tube specimens failed in parasitic modes
resulting in lower fatigue strengths than the corre-
sponding flat coupons.

257. Liber, T.; and Daniel, I. M.: FEvaluation of
Hybrid Composite Materials in Cylindrical Specimen
Geometries. NASA CR-145006, Mar. 1976.

T6N27361#

Static and fatigue properties of three composite
materials and hybrids were examined. The materi-
als investigated were graphite/epoxy, S-glass/epoxy,
PRD-49 (Kevlar 49)/epoxy, and hybrids in angle-ply
configurations. A new type of edgeless cylindrical
specimen was developed. It is a flattened tube with
two flat sides connected by curved sections and it is
handled much like the standard flat coupon. Special
specimen fabrication, tabbing, and tab region rein-
forcing techniques were developed. Axial modulus,
Poisson’s ratio, strength, and ultimate strain were
obtained under static loading from flattened tube
specimens of nine laminate configurations.

258. Liebowitz, H.; and Jones, D. L.: Biazial
Tests of Flat Graphite/Epozy Laminates. NASA
CR-165793, Oct. 1981.

82N121414
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The influence of biaxially applied loads on the
strength of composite materials containing holes was
analyzed. The analysis was performed through the
development of a three-dimensional finite element
computer program that is capable of evaluating fiber
breakage, delamination, and matrix failure. Realistic
failure criteria were established for each of the fail-
ure modes, and the influence of biaxial loading on
damage accumulation under monotonically increas-
ing loading was examined in detail. Both static and
fatigue testing of specially designed biaxial specimens
containing central holes were performed. Static tests
were performed to obtain an understanding of the
influence of biaxial loads on the fracture strength of
composite materials and to provide correlation with
the analytical predictions. The predicted distribu-
tions and types of damage are in reasonable agree-
ment with the experimental results. A number of
fatigue tests were performed to determine the influ-
ence of cyclic biaxial loads on the fatigue life and
residual strength of several composite laminates.

259. Lindenmeyer, P. H.: A Proposed Approach to
the Application of Nonlinear Irreversible Thermody-
namics to Fracture in Composite Materials. NASA
CR-166074, Apr. 1983.

83N223244

The fracture criteria upon which most frac-
ture mechanics are based involve an energy bal-
ance that is not appropriate for the fracture me-
chanics of viscoelastic materials such as polymer ma-
trix composites. A more appropriate criterion based
upon nonequilibrium thermodynamics and involving
a power balance rather than an energy balance is pro-
posed. This criterion is based upon a reformulation
of the second law of thermodynamics which focuses
attention on the total Legendre transform of energy
expressed as a functional over time and space.

260. McLaughlin, P. V., Jr.; Kulkarni, S. V;
Huang, S. N.; and Rosen, B. W.: Fatigue of Notched
Fiber Composite Laminates. Part 1: Analytical
Model. NASA CR-132747, Mar. 1975.

T6N15274#

A description is given of a semi-empirical, deter-
ministic analysis for prediction and correlation of fa-
tigue crack growth, residual strength, and fatigue life
time for fiber composite laminates containing notches
(holes). The failure model used for the analysis is
based upon composite heterogeneous behavior and
experimentally observed failure modes under both
static and fatigue loading. The analysis is consis-
tent with the wearout philosophy. Axial cracking




and transverse cracking failure modes are treated to-
gether in the analysis.

261. Odom, E. M.; and Adams, D. F.: Stiff-
ness Reductions During Tensile Fatigue Testing of
Graphite/Epoxy Angle-Ply Laminates. Recent Ad-
vances in Ezperimental Characterization of Compos-
ites (Proceedings of the Fall Meeting, Salt Lake City,
Utah, Nov. 6-10), Society for Experimental Stress
Analysis, 1983, pp. 1-5.

85A30152

The monitoring of modulus decay during fatigue
testing as an indicator of damage accumulation and
incipient failure has frequently been postulated. The
present study was designed to generate tensile fa-
tigue data under carefully controlled test conditions.
A computerized data acquisition system was used to
permit the mcasurement of dynamic modulus with-
out interrupting the fatigue cycling. Two differ-
ent 8-ply laminate configurations of a T300/5208
graphite/epoxy composite were tested.

262. Phillips, E. P.: Effects of Truncation of
a Predominantly Compression Load Spectrum on
the Life of a Notched Graphite/Epoxy Laminate.
Fatigue of Fibrous Composite Materials (Proceedings
of the Symposium, San Francisco, Calif., May 22-23,
1979), ASTM, 1981, pp. 197-212.

81A37137

Constant amplitude and transport wing spec-
trum compressive loading tests were used to explore
the fatigue behavior of a notched, graphite/epoxy
T300/5208 laminate specimen. Results indicate that
(1) the amount of buckling near the notch allowed
in the tests significantly affected fatigue life; (2) load
spectrum truncation at either high or low ends pro-
duced lives greater than those obtained for the base-
line complete-spectrum test, but with greater im-
pact at the high-load end; and (3) the predictions of
the Palmgren-Miner cumulative damage theory were
found to always be far longer than those obtained in
the spectrum loading tests.

263. Poe, C. C., Jr.: A Single Fracture Toughness
Parameter for Fibrous Composite Laminates. NASA
TM-81911, Mar. 1981.

81N224184

A general fracture toughness parameter @, was
derived and verified to be a material constant, in-
dependent of layup, for centrally cracked boron alu-
minum composite specimens. A limited amount of
data indicated that the ratio Qc/es, s, where €z, f is

the ultimate tensile strain of the fibers, might be
a constant for all composite laminates, regardless
of material and layup. In that case, a single value
Qc/€tus could be used to predict the fracture tough-
ness of all fibrous composite laminates from only the
elastic constants and €z, 5. Values of Q