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PREFACE 

S i n c e  t h e  mid 1 9 7 0 ' ~ ~  NASA, i n d u s t r y ,  and u n i v e r s i t i e s  have  worked t o q e t h e r  t o  
conduc t  i m p o r t a n t  r e s e a r c h  focused  a t  deve lop ing  l amina r - f low technology t h a t  could 
r educe  f u e l  consumption for g e n e r a l  a v i a t i o n ,  commuter, and t r a n s p o r t  a i r c r a f t  by as 
much as 40 t o  50 p e r c e n t .  T h i s  r e s e a r c h ,  which w a s  i n i t i a t e d  under  t h e  NASA A i r c r a f t  
Energy E f f i c i e n c y  Program and con t inued  th rough  t h e  Resea rch  and Technology B a s e  
Program, h a s  proved  v e r y  s u c c e s s f u l  w i t h  many s i g n i f i c a n t  and i m p r e s s i v e  r e s u l t s  
hav ing  been  o b t a i n e d .  

This symposium w a s  p lanned  i n  view of  t h e  r e c e n t  accompl ishments  w i t h i n  t h e  
a r e a s  o f  l amina r - f low c o n t r o l  and n a t u r a l  l a m i n a r  f l o w  and t h e  p o t e n t i a l  b e n e f i t s  o f  
l amina r - f low t e c h n o l o g y  to  t h e  c i v i l  and m i l i t a r y  a i r c r a f t  communit ies  i n  t h e  Un i t ed  
S t a t e s .  The symposium i n c l u d e d  t e c h n i c a l  s e s s i o n s  on advanced t h e o r y  and d e s i g n  tool  
development ,  wind t u n n e l  and f l i g h t  r e s e a r c h ,  t r a n s i t i o n  measurement and d e t e c t i o n  
t e c h n i q u e s ,  low and h i g h  Reynolds number r e s e a r c h ,  and s u b s o n i c  and s u p e r s o n i c  
r e s e a r c h .  
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OUTLINE 

The F l u i d  P h y s i c s  Branch ( f o r m e r l y  A i r f o i l  Aerodynamics Branch)  a t  LaRC h a s  been  
i n v o l v e d  e x t e n s i v e l y  i n  t h e  d e s i g n  and t e s t i n g  of N a t u r a l  Laminar-Flow (NLF) a i r -  
f o i l s .  The d e s i g n  of t h e  NLF(1)-0414F was i n i t i a t e d  i n  June of 1981 and completed i n  
t h e  summer of 1983 ( r e f .  1). T h i s  NLF a i r f o i l  was des igned  f o r  low s p e e d ,  h a v i n g  a 
low p r o f i l e  d r a g  a t  h i g h  chord Reynolds numbers. When t h e  wind t u n n e l  e x p e r i m e n t  
was completed i n  t h e  s p r i n g  of 1984 ( r e f .  2 ) ,  a h i g h  l i f t  sys tem d e s i g n  f o r  the 
NLF(1)-0414F was i n € t i a t e d .  

The s u c c e s s  of t h e  low speed NLF a i r f o i l  work sparked  i n t e r e s t  i n  a h i g h  speed 
NLF a i r f o i l  a p p l i e d  t o  a s i n g l e  e n g i n e  b u s i n e s s  j e t  w i t h  a n  unswept wing.  Work began 
i n  t h e  f a l l  o f  1984 on t h e  two-dimensional  a i r f o i l  d e s i g n  of HSNLF(1)-0213. The 
d e s i g n  of HSNLF(1)-0213 was conducted a s  a c o o p e r a t i v e  e f f o r t  of  s e v e r a l  d i f f e r e n t  
g r o u p s  a t  NASA LaRC w i t h  n o t  o n l y  2-D d e s i g n  b u t  a l s o  e x t e n s i v e  3-D d e s i g n  and a n a l y -  
s is  of t h e  w i n g ’ s  p lanform ( re f .  3). Only t h e  p r e l i m i n a r y  s t a g e s  of t h e  2-D d e s i g n  
w i l l  b e  d i s c u s s e d  i n  t h e  c u r r e n t  p a p e r  ( f i g .  1 ) .  To make t h i s  s i n g l e  e n g i n e  b u s i n e s s  
j e t  s u c c e s s f u l ,  a c c e p t a b l e  v a l u e s  of maximum l i f t  had  t o  b e  m a i n t a i n e d  t o  g e t  t h e  
c o r r e c t  l a n d i n g  speed:  t h e r e f o r e ,  work w a s  a l s o  ronducted  on t h e  2-D f l a p  d e s i g n  
( r e f .  4 ) .  

0 Design of NLF(1)-0414F 

0 High lift system for NLF(1)-0414F 

Design of HSNLF(1)-0213 

High lift system for HSNLF(1)-0213 

F i g u r e  1 
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COMPARISON OF PRESSURE DISTRIRUTIONS OF NLF(1)-0414F 
AND NACA 67-314 

NLF(11-0414F was designed iteratively using analysis computer codes. After 
going through the design study and obtaining experimental results, it is interesting 
to look at the comparison and contrast of NLF(1)-0414F with a similar NACA 6-series 
airfoil (fig. 2). NACA 67-314 was generated, using ref. 5 ,  for the same incompress- 
ible CI1, at a = 0, and maximum thickness as NLF(1)-0414F (M = 0.4 and 
CQ = 0.461). The favorable gradient regions are similar, although NLF(1)-0414F has 
slightly more acceleration on each surface. The upper surface acceleration of 
NLF(1)-0414F was optimized by the use of the flat spot in the pressure distribution 
at x/c 0.10. The Tollmien-Schlichting (TS) disturbances are not amplified in this 
region, so the stabilizing effects oE acceleration can be used further downstream 
when the TS disturbances are amplified. Concave type pressure recoveries are 
utilized on NLF(1)-0414F, while on the NACA 67-314, linear pressure recoveries are 
used. NLF(1)-0414F has a thicker, tailored leading edge than NACA 67-314. Also, a 
small chord trail€ng-edge (cruise) flap was utilized on NLF(1)-0414F and is cruclal 
to the low drag performance. 

In the summary of airfoil data (ref. 6), there is only one NACA 67-series air- 
6 foil, the NACA 67,l-215. There are no data above R = 6 x 10 , presumable because 

the higher Reynolds number data produced little laminar flow. There are some dif- 
ferences between the old NACA experiments and those conducted on NLF(1)-0414F which 
could make a difference on the performance of the two airfoils. The NACA tests were 
run with 2-foot chord models, which were at higher unit Reynolds numbers for the same 
chord Reynolds number as the +foot chord NLF(11-0414F. Also the grit used to cause 
transition in the NACA tests was considerably larger and more extensive than needed 
to cause transition. 
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COMPARISON OF PRESSURE DISTRIBUTIONS 
OF NLF(lF0414F & NACA 67-314 
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NLF(1)-0414F DESIGN OBJECTIVES 

The first and primary objective of the design project was to design a Natural 
Laminar-Flow (NLF) airfoil, for low speed applications that achieved significantly 
lower profile drag coefficients at cruise than existing NLF airfoils, but was still 
practical to use (fig. 3 ) .  This resulted in an exercise to design an airfoil with as 
extensive favorable gradients (dp/dx < 0) as seemed practical without making the 
far aft pressure recoveries too severe. The airfoil was also designed for reasonably 
high chord Reynolds numbers, approximately 10 million. 

To help lessen the severity of the far aft pressure recoveries with respect to 
separation, concave type pressure recoveries were utilized. A concave pressure re- 
covery decelerates the flow when the boundary layer has the most energy, tapering the 
gradient of the deceleration downstream on the airfoil as the boundary loses energy. 
For off-design conditions, the possibility of utilizing boundary layer re-energizers 
or  momentum redistributors was also examined as a means of alleviating the problem of 
turbulent separation in the pressure recovery. 

To improve Cgmax performance, a thicker leading edge was utilized than is nor- 
mally considered for airfoils with such extensive laminar flow operating at such high 
chord Reynolds numbers. It was known that this thick leading edge would limit the 
low drag Cg range on the bare airfoil with premature negative pressure peaks; how- 
ever, the chance of a leading-edge type stall would he reduced. Also, Pfenninger's 
earlier work (ref. 7 )  showed that the use of a small chord simple trailing-edge flap 
could be used t o  regain a respectable low drag CI1 range. Deflection of this small 
chord flap, both positively and negatively, allows the conversion of lift due t o  
angle of attack into lift due to flap deflection. By changing the lift at the design 
angle of attack, favorable gradients can be maintained on both surfaces simulta- 
neously for a relatively wide range of lift coefficients. 

When designing configurations for maximum cruise performance, one is inevitably 
led to flying as close to (L/DImax as possible. This means increasing the wing 
loading and results in the need f o r  greater maximum lift coefficients. The 
NLF(I)-0414F was designed with the intent of integrating it with a slotted Fowler 
flap arrangement and possibly even a Kruegerflap to achieve high maximim lift 
coeEficients. 
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NLF (1) -0414F DESIGN OBJECTIVES 

0 70% chord natural laminar flow (NLF) on both surfaces at Rec = 10 million 

0 Compromise some low drag C,range (at Sf = 0") to improve C performance 
by thickening the leading edge lmax 

0 Increase low drag C1 range with a small chord trailing edge flap 

0 Implement concave pressure recovery to reduce the turbulent separation 
problem when transition occurs far forward on the airfoil. Also, possibly 
use some form of boundary layer re-energization or momentum redistribution 

0 Use of boundary-layer trips (tape, grit, bleed air, etc.) to eliminate laminar 
separation at lower Reynolds numbers, both in the rear pressure recovery 
and at the leading edge at high angles of attack 

0 Implementation of an efficient high lift system: slotted Fowler flaps and possibly 
a Krueger flap 
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LAMINAR ROUNDARY-LAYER STARILITY ANALYSIS 

The first stage in the design was to conduct a linear stability analysis in the 
favorable pressure gradient region to check for the attainability of the 70% chord 
laminar flow. On a high Reynolds number NLF airfoil, enough acceleration is needed 
to attain the desired growth in TS disturbances. This acceleration essentually re- 
quires a geometry increase along the chord. Unfortunately, th€s increase is not the 
only consideration. The leading edge needs to be thick enough for acceptahle 
C L  max 
pressure recovery considerations. 

performance; however, the maximum thickness cannot be too great because of 

A linear stability analysis was conducted on the inviscid pressure distribution 
(ref. 8)  for the upper surface of NLF(1)-0414F at the design conditions M = 0.4, 
C L  = 0.461 and R = 10 x IC) (fig. 4). The velocity profiles were calculated using 
the Kaups and Cebeci finite-difference code (ref. 9) and the TS amplification was 
calculated using the SALLY code (ref. 10). The design criterion for NLF(1)-0414F for 
maximum logarithmic amplificat€on (n) was in the range O E  9 to 10. The analyzed 
disturbance frequencies of 3000-3500 Hz were in this maximum amplified range. The 
locally higher growths after 70% chord are from the increased instability at the 
beginning of the steep pressure recovery. 
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INCOMPRESSIBLE TS STABILITY ANALYSTS WITH UPPER SURFACE 
MEASURED TRANSITION LOCATIONS 

Shown in figure 5 are three cases analyzed for TS amplification up to transition 
on the experimental data of the NLF(1)-0414F in the Langley Low-Turbulence Pressure 
Tunnel. These cases were for the upper surface a t  Ck's ranging from 0.409-0.513. 
Correlating linear stability theory with transition data, n factors in the range of 
11-12 were calculated for  the three cases at M 91 .12 and R = 10 x 10 . 6 
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NLF(1)-0414F TlJRBULENT PRESSURE RECOVERY 
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The nex t  s t e p  i n  t h e  d e s i g n  p r o c e s s  was t o  r educe  t h e  problem of t u r b u l e n t  s ep -  
a r a t i o n  i n  t h e  p r e s s u r e  r e c o v e r y  when t r a n s i t i o n  o c c u r r e d  n e a r  t h e  l e a d i n g  edge. The 
ene rgy  d e f i c i e n t  t u r b u l e n t  boundary l a y e r  h a s  t o  have  enough e n e r g y  t o  n e g o t i a t e  a 
s t e e p  a f t  p r e s s u r e  r ecove ry .  The f i r s t  r o u t e  i n  d e s i g n i n g  t h e  t u r b u l e n t  p r e s s u r e  

r e c o v e r y  was t o  make i t  concave  i n  n a t u r e ,  % < 0. 

e r a t e s  t h e  f low most a t  f i r s t  when t h e  boundary l a y e r  becomes more and more e n e r g y  
d e f i c i e n t .  The p r e s s u r e  r e c o v e r y  was t a € l o r e d  u s i n g  t h e  growth  in s h a p e  f a c t o r  
H = &*/e. Schubauer  and Spangenberg ( r e f .  11)  found t h a t  for i n c o m p r e s s i b l e  tu rbu -  
l e n t  boundary l a y e r s  t h e  shape  f a c t o r  grows t o  a v a l u e  o f  2.0 a t  s e p a r a t i o n .  Us ing  
t h e  i n v i s c i d  p r e s s u r e  d i s t r i b u t i o n  and t h e  Harris f i n i t e - d i f f e r e n c e  boundary l a y e r  
code  ( r e f .  121, t h e  growth of H w a s  t a i l o r e d  t h r o u g h  t h e  p r e s s u r e  r e c o v e r y .  To g e t  
a g r a d u a l  p r o g r e s s i o n  of s e p a r a t i o n  a t  o f f  d e s i g n  c o n d i t i o n s ,  H s h o u l d  grow c o n t i n -  
u o u s l y  t o  a maximum v a l u e  a t  t h e  t r a i l f n g  edge. The H d i s t r i b u t i o n  i n  t h e  p r e s s u r e  
r e c o v e r y  f o r  NLF(1)-0414F i n  f i g u r e  6 shows t h e  shape  F a c t o r  growing t o  a maximum 
v a l u e  of 1.9 a t  x / c  = 0.875 w i t h  a s l i g h t  d e c r e a s e  t o  1.825 a t  t h e  t r a € l i n g  edge. 
It was f e l t  t h a t  t h i s  o fEe red  some margin f o r  down c r u i s e  f l a p  d e f l e c t i o n s  and was 
l e f t  as is. 
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NACA 67-314 TURBULENT PRESSURE RECOVERY 
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Figure 7 shows the turbulent boundary layer analysis on the upper surface 
inviscid pressure distribution of the NACA 67-314 airfoil. The points shown repre- 
sent the results of the boundary-layer solutions, and because of separation, the 
pressure distribution does not continue to the trailina edge. For the same condi- 
tions as NLF(1)-0414F C Q  = 0.461, and 
layer separation occurred at x/c = 0.90 in the linear pressure recovery. The last 
correct solution calculated H t o  be at a value of 1.83. 

(M = 0.4, R = 10 x lo6), turbulent boundary- 
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COMPARISON OF AIRFOIL LEADING EDGES 

Extensive work was conducted in the design of the leading edge of the 
NLF(1)-0414F. Early in the design process a sharp leading-edge airfoil, DESR159 
(fig. 8), was implemented to achieve an acceptable low drag hf = Oo. 
In the low drag range, this sharp leading edge helps suppress leading-edge negative 
pressure peaks. However, at high angles of attack this sharp leading edge causes 

needed large negative pressure peaks as a result of  the centripetal forces C - -  
P R  

to turn the air molecules around the corner. To obtain the leading edge of 
NLF(1)-0414F, thickness was superimposed on the airfoil profile merging with DESR159 
at x/c = 0.15-0.20. Then the leading edge was tailored to reduce the negative pres- 
sure peaks. The design philosophy was to turn the flow when the velocity was low, 
allowing a smaller radius of curvature. The radlus of curvature was then increased 
as the velocities grew. On both the DESR159 and NACA 67-314 profiles, the smallest 
radius of curvature is at the leading edge, where the smallest radius of curvature on 
the NLF(1)-0414F profile is on the lower surface. 

CQ range at 
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COMPARISON OF INVISCID CPmln 

Figure 9 ,  which is a plot of the inviscid C as a function of CQ shows 
how successful this tailoring of the leading edge was. A t  an inviscid C Q  of 1 . R ,  
NLF(1)-0414F had a Cpmin of -8.5 as compared with a Cpmin of -11.4 on nESR159. 
At an inviscid CR of 2.7, NLF(1)-0414F had a Cpmin of  -21.2 as compared with a 

‘pmin 

Pmin 

of -30.3 for DESB159. The free-stream Mach number was 0.10. 

CL 
o NLF1-0414F NACA 67-314 o DESBl59 

Figure 9 
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CRUISE FLAP DEFLECTION 

Figure 10 illustrates the movement of the 12.5% chord cruise flap of 
NLF(1)-0414F deflection from -10' to 12.5'. The use of the cruise flap was crucial 
with the implementation of the thickened leading edge to achieve an acceptable 
range with low drag. The deflection of the cruise flap allows lift due to angle of 
attack to be converted into lift due to flap deflection by loading o r  unloading the 
aft section of the airfoil. With the use of this flap, different CQ'S can he 
achieved while still keeping the stagnation point near the leading edge and thereby 
keeping favorable gradients over the airfoil for a wide range of conditions. 
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DRAG POLAR WITH FLAP DEFLECTION 

6 

12.5", r e f l e c t s  t h e  s u c c e s s  of a c h i e v i n g  a wide low dralz range w i t h  t h e  use  of 
t h e  cruise f l a p .  A t  6f = 0" t h e r e  was a very narrow low d r a g  CQ range w i t h  t h e  
very bottom of t h e  bucket having a 
10 degree  f l a p  d e f l e c t i o n ,  t h e  minimum r a g  was 0.0030 a t  C i  = 0.01. With a 
c r u i s e  f l a p  d e f l e c t i o n  of 12.5O, t h e  minimum p r o f i l e  d rag  was 0.0033 a t  a 
C Q  of 0.81 y i e l d i n g  a L/D of 245. 
d r a g  C Q  

The d r a g  p o l a r  of NLF(1)-0414F ( f i g .  1 1 ) ,  a t  R = 10 x 10 f o r  6 f =  -loo t o  

CQ 

of 0.0027 a t  CQ = 0.41. With a n e g a t i v e  'dmin 

The use  of t h e  c r u i s e  f l a p  y i e l d s  an o v e r a l l  low 
range of 0.80 a t  t h e  high d e s i g n  chord Reynolds number of 10 x lo6. 

FLAP DEFLECTION EFFECTS 
M s 0.12 R = 10.0 X lo6 

.0°2 t 
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F i g u r e  11 
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EXPERIMENTAL/THEORETICAL PRESSURE DATA AT DESIGN CONDITIONS 

A comparison of the experimental pressure distribution of NLF(11-0414F at 
M = 0 . 4 ,  R = 10 x lo6,  and a = -lo is compared with the theoretical pressure 
distribution calculated by the Korn-Garabedian potential flow analysis in fig- 
ure 1 2 .  There are.favorable gradients on both surfaces up to the 70% chord loca- 
tion. 
There is a flat spot in the upper surface pressure distribut€on at x / c  = 0.15. This 
resulted from the addition of thickness in the leading-edge region to improve C h a x  
performance. Results from the Tollmien-Schlichting boundary-layer stability analysis 
showed that this flat spot in the pressure distribution yielded a smaller disturbance 
growth than with a continuous acceleration in this region. 

The steep concave pressure recoveries of NLF(1)-0414F are also illustrated. 

M = 0.40 R = 10 X lo6 u = -1' - 

Theory - 
Exp. 0 0  

Figure 1 2  

651 



SECTION CHARACTERISTICS OF NLF(1)-0414F 

The section characterlstics of NLF(1)-0414F at a chord Reynolds number of 
10 million and 6f = 0"  are shown in figure 13. The minimum profile drag coef- 
ficient was 0.0027 at This profile drag  is only 38% that of an unsepa- 
rated fully turbulent airfoil. The maximum llft coefficient is 1.83 at a = 18.0". 
With transition €ixed at the leading edge the lift curve essentially repeated with 

still 1.81. The pitching moment curve is unaffected with fixed transition. 
With the flow fully turbulent, the minimum profile drag coefficient is 0.0083, which 
is equal to that of normal unseparated turbulent airfoils. 

CQ = 0.41. 
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COMPARISON OF GA AIRFOILS 

Figure 14 is a comparison of the low drag bucket of NLF(1)-0414F with other NASA 
and NACA general aviation (GA) airfoils at 
NLF(11-0414F represents the envelope of low drag buckets achieved with deflection of 
the cruise flap from -10" to 20'. Also, the NLF(1)-0215F airfoil's low drag bucket 
is the envelope of performance of the deflection of a cruise flap from -10" to 10". 
This figure shows the much lower profile drag coefficients possible with the 
NLF(1)-0414F. The large increase in profile drag of the NLF(1)-0414F outside the low 
drag bucket at the higher 

R = 6 x lo6. The low drag bucket of 

Cg's is a result of the steep aft pressure recoveries. 
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MULTI-ELEMENT HIGH-LIFT SYSTEM FOR NLF(1)-0414F 

.e 

.t 

A mult i -e lement  h i g h - l i f t  f l a p  system has been t h e o r e t i c a l l y  designed f o r  t h e  
NLF(1)-0414F a i r f o i l  a t  a chord Reynolds number of 3 m i l l i o n  and a free-stream Mach 
number of 0.15. The geometry c o n s i s t s  of a main e l emen t ,  s i n g l e - s l o t t e d  Fowler f l a p  
o r  d o u b l e - s l o t t e d  Fowler f l a p  (which re t racts  t o  form the  s i n g l e - s l o t t e d  f l a p  con- 
t o u r ) ,  and a Krueger f l a p .  
have been i n t e g r a t e d  i n  a manner t h a t  s t i l l  r e t a i n s  t h e  a c t i o n  of a small chord 
t r a i l i n g - e d g e  cruise f l a p  and ir.plements a s  mucli t ’ i  r - - ~ ’ h ? e  t h e  o r i g i n a l  e x t e r i o r  
p r o f i l e  con tour  of t h e  NLF a i r f o i l  ( f i ~ .  1 5 ) .  

Both t h e  l ead ing -  and t r a i l i n g - e d g e  h i g h - l i f t  systems 

- 
- 

The main element h a s  a chord of 0.896 w i t h  r e s p e c t  t o  t h e  NLF a i r f o i l  chord of 
1.0. The NLF con tour  i s  maintained ove r  t h e  e n t i r e  e x t e n t  of t h e  upper s u r f a c e ,  
w h i l e  on t h e  lower s u r f a c e ,  70 p e r c e n t  of  t h e  con tour  i s  maintained b e f o r e  t h e  cove 
r eg ion .  The re fo re ,  t h e  70 p e r c e n t  chord laminar-flow r u n  on t h e  upper and lower 
s u r f a c e  o b t a i n a b l e  i n  t h e  cruise c o n d i t i o n  i s  not  d i s t u r b e d .  

The 28.1 pe rcen t  chord s i n g l e - s l o t t e d  Fowler f l a p  i n c o r p o r a t e s  10 pe rcen t  of t h e  
a i r f o i l ’ s  upper s u r f a c e  and 24 p e r c e n t  of  t h e  lower s u r f a c e .  The f l a p  was designed 
no t  t o  exceed 30 p e r c e n t  of t h e  a i r f o i l ‘ s  chord when i t  was r e t r a c t e d  because t h e  gap 
o r  s t e p  might cause t r a n s i t i o n .  

The d o u b l e - s l o t t e d  Fowler f l a p  was designed under the  c o n s t r a i n t  t h a t  i t  would 
have t h e  same o u t e r  con tour  as t h e  s i n g l e - s l o t t e d  f l a p  when r e t r a c t e d .  The vane h a s  
a 15.81 p e r c e n t  chord,  wh i l e  t h e  r e a r  f l a p  has  a 16.52 p e r c e n t  chord ( b o t h  based on 
t h e  a i r f o i l  chord of 1.0). 

The 17.67 p e r c e n t  chord Krueger f l a p  (based on t h e  NLF(11-0414F chord of 1.0) 
was des igned  s o  t h a t  when r e t r a c t e d  i n t o  t h e  main element ,  49.3 p e r c e n t  of t h e  
Krueger f l a p ’ s  upper s u r f a c e  would f a r e  i n t o  t h e  leading-edge lower s u r f a c e  of t h e  
NLF(1)-0414F. With a c a r e f u l l y  designed s e a l e d  j o i n t  t h e  f low shou ld  no t  be t r i p p e d  
t u r b u l e n t  . 

Figure  15 
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NLF(1)-0414F WITH SINGLE-SLOTTED 
FOWLER FLAP 

The h igh  l i f t  performance f o r  t h e  two element  system (main element and s i n g l e -  
s l o t t e d  Fowler f l a p )  was ana lyzed  u s i n g  t h e  p o t e n t i a l  f low multi-element a n a l y s i s  
(MCARF r e f .  13) code a t  M = 0.15, 
CI1 = 3.570 and C, = -0.6082 ( f i g .  16).  The f l a p  h a s  a gap /c  = 0.011 and 

o v e r l a p / c  = 0.033 ?C;lative t o  t h e  main a x i s  system). 
c u l a t e d  on t h e  main element  and f l a p  upper s u r f a c e  were 88.05 p e r c e n t  qmax and 
84.90 p e r c e n t  qmax 

l a y e r  development on the MCARF i n v i s c i d  p r e s s u r e  d i s t r i b u t i o n s  a t  a chord Reynolds 
number of 3 m i l l i o n ,  w i t h  t r a n s i t i o n  set s l i g h t l y  ahead of t h e  C 

c a l c u l a t e d '  t o  s t a y  a t t a c h e d  t o  t h e  t r a i l i n g  edge on t h e  upper s u r f a c e  of t h e  main 
element  and s e p a r a t e  a t  x / c  = 0.704 on t h e  lower s u r f a c e  ( t h e  beg inn ing  of t h e  cove 
r e g i o n ) .  On t h e  upper  s u r f a c e  of t h e  f l a p ,  36.67 p e r c e n t  f l a p  chord s e p a r a t i o n  w a s  
c a l c u l a t e d  w i t h  a p r e s s u r e  r ise of 66.53 p e r c e n t  q . 

a = 7", and 6f = 29", w i t h  an i n v i s c i d  

The t o t a l  p r e s s u r e  rises c a l -  

, r e s p e c t i v e l y .  T h e H a r r i s  code w a s  used t o  c a l c u l a t e  t h e  boundary- 

. The f low w a s  
Pmin 

max 

SINGLE-SLOTTED FOULER FLAP PRESSURE DISTRIBUTION 

C F  

-17 - 
-14 

R = 3 million 
M = 0.15 

-11 

-8 ALP =21.0 

-5 

-2 

1 
0 .I .2 .3 .4 .5 .6 .7 .8 .9 
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F i g u r e  16 
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NLF(1)-0414F WITH KRUEGER FLAP AND DOUBLE-SLOTTED FOWLER FLAP 

The h i g h  l i f t  performance f o r  t h e  multi-element s y s t e m  [Krueger f l a p ,  main ele- 
ment (10' f l i p p e r  f l a p  d e f l e c t i o n ) ,  and d o u b l e - s l o t t e d  Fowler f l a p ]  a t  M = .15, 
a = 21', 6k = -55.4', 6VF = 34.4", and kF = 45.7", w i t h  an i n v i s c i d  C Q  = 6,627 
and C q / 4  = -0.4055 i s  shown i n  f i g u r e  17. The Krueger f l a p  h a s  a gap /c  = 0.10 
and o v e r l a p / c  = 0.005, t h e  vane has  a gap /c  = 0.018 and o v e r l a p / c  = 0.033, and 
t h e  rear f l a p  h a s  a gap/c  = 0.014 and o v e r l a p / c  = 0.008 ( r e l a t i v e  t o  t h e  main 
a x i s  system).  The t o t a l  p r e s s u r e  rises c a l c u l a t e d  on t h e  Krueger f l a p ,  main element ,  
vane, and rear f l a p  upper s u r f a c e  were 81.67 p e r c e n t  q,,,, 82.44 p e r c e n t  qma,, 
84.77 p e r c e n t  qmax, and 84.90 p e r c e n t  qmax, r e s p e c t i v e l y .  The Harris code was used 
t o  c a l c u l a t e  t h e  boundary-layer development on t h e  MCARF i n v i s c i d  p r e s s u r e  d i s t r i b u -  
t i o n s  a t  a chord Reynolds number of 3 m i l l i o n ,  w i t h  t r a n s i t i o n  s e t  s l i g h t l y  ahead of 

t h e  Cpmin. On t h e  Krueger f l a p  upper s u r f a c e ,  11.61 percen t  f l a p  chord s e p a r a t i o n  
was c a l c u l a t e d  w i t h  a p r e s s u r e  r ise of 63.38 p e r c e n t  
p e r  s u r f a c e ,  5.91 p e r c e n t  main chord s e p a r a t i o n  was c a l c u l a t e d  w i t h  a p r e s s u r e  r i se  
of 79.35 percen t  qma,. The f low was c a l c u l a t e d  t o  s e p a r a t e  a t  x / c  = 0.708 on t h e  
main element lower s u r f a c e .  On t h e  upper s u r f a c e  of t h e  vane, 25.98 p e r c e n t  vane 
chord s e p a r a t i o n  was c a l c u l a t e d  w i t h  a p r e s s u r e  r i s e  of 40.10 p e r c e n t  The 
f low on t h e  lower s u r f a c e  of t h e  vane was c a l c u l a t e d  t o  separate i n  t h e  cove r e g i o n  
a t  x / c  = 0,944. For t h e  rear f l a p  upper s u r f a c e ,  34.64 p e r c e n t  f l a p  chord 
s e p a r a t i o n  was c a l c u l a t e d  wi th  a p r e s s u r e  r i se  of 63.24 p e r c e n t  

q,,,,,. For  t h e  main element up- 

qma,. 

qma,. 

DOUBLE-SLOTTED FOULER L KRUECER FLAP PRESSURE DISTRIBUTION 
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MAXIMUM LIFT POSSIBILITIES WITH NLF(1)-0414F MULTI-ELEMENT 
HIGH-LIFT SYSTEM 

The NLF(1)-0414F airfoil can obtain a Chax of 1.624 at a chord Reynolds num- 
R = 3 x lo6 ber of 3 million. 

and finite-difference boundary layer calculations indicate very respectable maximum 
lift coefficients possible. For the cases analyzed, leading-edge negative pressure 
peaks were kept above sonic (velocity below sonic), with overall inviscid pres- 
sure rises of 80-85% qmax. An analysis was also made to check for a leading-edge 
type stall using Horton's method (ref. 14). The results of these calculations indi- 
cated that leading-edge laminar separation bubbles would be short in nature, and the 
boundary layer would reattach for all cases. The multi-element high-lift system con- 
figurations designed from the NLF airfoil contour are shown in figure 18 which com- 
pare their relative performance with the baseline airfoil. The CQ's are calculated 
from inviscid pressure distributions that were iterated with an integral boundary 
layer. No account has been made €or separation. 

Estimations using inviscid pressure distributions at 

Cp 

The large negative Cp peaks and the corresponding steep adverse gradients 
caused during high angles of attack with large deflections bring about a separation 
problem. The flap placement, as well as the geometry, have distinct effects on the 
airfoil system as a whole. The effects help the turbulent boundary layer overcome a 
greater overall pressure rise than it would on a profile with the same outer contour 
without a slot. The flap must be placed such that the circulation of the main ele- 
ment reduces its leading-edge negative pressure peak at high angles of attack. Also, 
the flap's circulation should interact upon the main element to reduce the overall 
pressure rise by increasing the velocity field near the trailing edge. A leading- 
edge device will reduce the negative pressure peak on the leading-edge region of the 
following element, and hence the total pressure rise of that element overall. 
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LOW-SPEED AIRFOIL SUMMARY 

F i g u r e  19 summarizes t h e  results of t h e  work on t h e  2-D p r o f i l e ,  o f  t h e  
NLF(1)-0414F. E x t e n s i v e  work was conducted t o  make a h igh  chord Reynolds number 
a i r f o i l  w i t h  low p r o f i l e  d r a g ,  wh i l e  s t i l l  making i t  p r a c t € c a l  t o  use.  The 
NLF(1)-0414F a t  
a t  CQ = 0.41, 
n e a r  t h e  l e a d i n g  edge. The NLF(1)-0414F ach ieved  a ve ry  r e s p e c t a b l e  C b a x  of 1.83. 
A t  w o r s t ,  t h e  NLF(11-0414F i s  as good as a h i g h  Reynolds number t u r b u l e n t  f l ow a i r -  

= 0.80-1.2. The p r o f i l e  d r a g s  i n  t h i s  range are  h i g h  f o i l  excep t  i n  t h e  range of 
because a t  t h e s e  c o n d i t i o n s  t h e  boundary l a y e r  can no longe r  make t h e  t u r b u l e n t  pres-  
s u r e  r ecove ry .  An experiment  needs t o  be conducted on t h e  h i g h - l i f t  system t o  v e r i f y  
t h e  d e s i g n  and complete t h e  b a s i c  work of making t h e  NLF(11-0414F a complete a i r f o i l .  

R = 10 x lo6 ach ieved  a minimum p r o f i l e  d r a g  c o e f f i c i e n t  of 0.0027 
There was Q Q ~ Y  a p e n a l t y  i n  p r o f i l e - d z x w h e n  t r a n s i t i o n  o c c u r r e d  

cQ 

0 Validated design theory for low-speed NLF(1)-0414F airfoil concept 

0 Achieved 70% chord NLF on both surfaces at design M = 0.4, RC = 10 x 1 O6 in 
LTPT; total drag reduced 66% compared with turbulent airfoil 

0 Achieved wide low drag CI range (CI = 0 to 0.81) at high RC with deflected 
0.1 25C simple flap; UD = 245 at C, = 0.81 

0 Achieved CI higher than expected; 1.83 with 6f = 0" and 2.7 with 0.20C split 
flap (6f = SO0). Achieved docile stall conditions 

0 Demonstrated that performance (CI max and pitch) essentially unchanged with 
fixed transition near leading edge with drag penalty compared to good turbulent 
airfoil 

0 Correlated linear boundary layer stability theory for design N-factor TS disturbances 

0 Multi-element high-lift system designed with a possibility of Cl max > 6.0 for the 
K r u e g a  flap, main element, and double-slotted flap configuration 

F i g u r e  19 
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DESIGN CONSIDERATIONS FOR COMPRESSIBLE AIRFOIL DESIGN: 
HSNLF(1)-0213 

The HSNLF(1)-0213 was an airfoil designed for M, = 0.70, CQ = 0.25, and 
R = 11 x lo6 
design considerations for a compressible airfoil design (fig. 20) are modif€ed 
somewhat from that of the ' - - - ? = n l - -  -,.LL~~ible case. In ,,.:,Abusible flow the laminar 
boundary layer is much more stable than in the incompressible case, so not as much 
acceleration is needed. Also as lift increases, overall acceleration increases 
instead of negative pressure peaks forming at the leading edge. 'Chis gives a wider 
low drag CQ range. However, with this added acceleration, the recovery region 
becomes more of a problem when transition occurs far forward. Acceleration in the 
favorable gradients can quickly develop into shocks at higher than design 
Mach numbers . 

f o r  application to a single-engine business jet with no sweep. The 

CQ's and 

COMPRESSIBLE AIRFOIL DESIGN 
(NO SWEEP) 

Laminar boundary layer more stable in compressible flow than in 
the incompressible case - not as much accceleration needed 

Acceleration is not lost on upper surfaces as lift increases 

Turbulent pressure recovery more critical because flow accelerates 
to higher velocities than in incompressible case 

Watch for shock development in the acceleration 

Figure 20 
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HSNLF(1)-0213 DESIGN PROCESS 

As seen in figure 21, the camber and thickness of NLF(11-0414F cause too much 
acceleration on the upper surface. The design of the high-speed airfoil had to he 
conducted rather hastily, so the easiest way to take out camber was to unload the 
airfoil by a negative deflection of the cruise flap. The resultant pressure distri- 
bution is shown in figure 22 at M, = 0.70 with the 12.5% chord simple flap de- 
flected -5.24'. 
locfties and the extent of the supersonic region, but there still was a steep aft 
pressure recovery. At a chord Reynolds number of 11 million with fully turbulent 
flow, analysis with the Harris program predicted separation in the aft pressure 
recovery for all of a series of possible recoveries. The next step in the design 
process was t o  redesign the upper surface, moving the start of the pressure recovery 
to x/c = 0.55 and flattening the pressure recovery. In the process, the overall 
thickness of the airfoil was reduced from 14% chord to 13% chord. The resultant 
airfoil is shown by the dotted line in €igure 22. 

This de-cambering was successful in reducing the upper surface ve- 

EFFECT OF MACH NUMBER ON PRESSURE DISTRIBUTION OF NLF(IW14F 

-2.0 

-1.5 , 

-1.0 , 

- .5 

CP 
.O 

.S 

1.0 

1.5 i 

Figure 21 
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EFFECT OF MACH NUMBER ON PRESSURE DISTRIBUTION 
OF NLF(1)-0414F 

5 -  

1.0 

1.5 

Some of the problems of using a low speed airfoil at high speed Mach numbers are 
illustrated in f i g u r e  21. 
M = 0 - 4  and M = 0.7. The M = 0.7 case accelerates strongly to the 70% chord 
location and terminates in a shock with a very steep aft pressure recovery, The 
supersonic zone is shown by the dotted line on top of the profile geometry. Note the 
negligible change in lower surface pressure coefficients between the two Mach 
numbers. 

The pressure distributions of NLF(1)-0414F are shown at 

- 

HSNLF11)+13 AIRFOIL DESIGN PRESSURE D I STRI Bf l loN 
(M0.7) 

Upper surface aft-thickness reduced K 

Figure 22 
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COMBINATION DESIGN FOR HSNLF(1)-0213 

Figure 23 represents the pressure distribution at M = 0.70, CQ = 0.25, and 
R = 11 x lo6,  for the final contour of HSNLF(1)-0213 compared to the NLF(1)-0414F 
airfoil with a -5.24' cruise flap deflection. 
sure peak was smoothed out from that shown in figure 22 in order t o  achieve the final 
contour of the HSNLF(1)-0213 airfoil. 

The small leading-edge negative pres- 

M = 0.70 Cd ~ 0 . 2 5  R = 11 X 10 6 

-1.0 r 

l N l W  
FINAL 

1.0 L I FINAL AIRFOIL DEFINED WITH VlKEN DESIGNED UPPER SURFACE 
AND CAMPBELL DESIGNED LOWER SURFACE LEADING EDGE 

Figure 23 
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COMPRESSIBLE STABILITY ANALYSIS FOR HSNLF(1)-0213 

The results of the compressible Tollmien-Schlichting analysis (ref. 15) €or the 
upper surface of the HSNLF(1)-0213 at M = 0.7, C R  = 0 . 2 6 ,  and R = 10 x IO6 are 
shown in figure 24. For the range of frequencies analyzed, the disturbances do not 
even start to grow until x/c = 0.37, and the maximum logarithmic amplificat€on back 
to the laminar separation point is n = 1.69. This growth in TS disturbances is very 
small compared to the value of approximately n = 9 needed for transition. There- 
fore, TS disturbances should not cause transition in the accelerated region. This 
airfoil was designed f o r  unswept applications. With sweep, care must he taken that 
cross-flow disturbances do not cause transition in the strong accelerated regions o f  
the air€oil. 

-1  .o - 

-.a - 

-.e - 

-.4 - 

-2 - 

PRESSURE 
COEFFICIENT, 0 - n 

c, 
.2 - 

COMPRESSIBLE TS 

HSNLF1-0213 M=.700 ALP= -.953 CL= .260 US R = 1O.OMIL 

Figure 24 
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SINGLE-SLOTTED FLAP DESIGNS FOR HSNLF(1)-0213 AIRFOIL 

The length of the structural wing box for most high speed general-aviation and 
transport aircraft is nominally SO percent of the local wing chord and is positioned 
with 20 percent of the chord forward of the wing box available for leading-edge de- 
vices and 30 percent a€t available for trailing-edge devices. For the HSNLF(1)-0213, 
an additional 2 percent immediately aft of the wing box was allowed for structural 
interface with a flap actuation system resulting in a nested trailing-edge Flap chord 
length of 28 percent of the total wing chord. After establishing the basic chord 
length of the Flap, the design of the flap contour became a matter of determining the 
upper and lower surface cutoff points on the main element and then determining the 
coordinates of the flap forward of the cutoff points, The cutoff point on the lower 
surface was set at 74 percent chord on the main element which was as far aft as pos- 
sible to insure a smooth pressure recovery through the slot region between the flap 
and main elements. The selection of the upper surface cutoff point was not as sim- 
ple. It was desirable to move the cutoff point as far as possible to increase the 
effective chord with the flap extended which should produce greater maximum lift. 
The primary disadvantage to moving the cutoff point aft is that the maximum thickness 
and leading-edge camber of the flap must be reduced to obtain an acceptable struc- 
tural thickness in the trailing edge of the main element. The reduction in thickness 
and camber will most likely result in a reduction in maximum obtainable lift, During 
this design study upper-surface cutoff points at 85, 92, 96 ,  and 98 percent of the 
main element chord were analyzed to determine the maximum obtainable lift. The flap 
geometries corresponding to the four cutof€ points are presented in figure 25. 

CUTOFF - 98% C > 
Figure 25 
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COMPARISON OF GEOMETRIES AND PRESSURE DISTRIFIJTIDNS 
FOR SINGLE-SLOTTED HSNLF(1)-0213 FLAP DESIGNS 

The performance of each of the four flap desiRns with various cutoff locations 
on the main element was determined using the NASA Multi-Component Airfoil Analysis 
(MCARF) computer program. 
and 40 degrees with a 2-percent gap and 0-percent overlap between the flap and main 
elements. The Mach number was 0.1 and the Reynolds number was 4 million. For each 
case, a check for flap separation was also made by performing an ordinary turbulent 
boundary-layer analysis of the upper-surface flap pressure distribution. As shown in 
figure 26, the turbulent boundary-layer analysis of the flap pressure distrihutions 
of each flap design at 35 degrees deflection indicated that approximately 31, 21, and 
17 percent of the upper surface of the flap was separated for the 88-, 96-, and 
98-percent designs compared to 14 percent f o r  the 92-percent design. The comparison 
of the geometries also shown in this figure shows that the 92-percent design is pro- 
portionally thicker aft of the maximum thickness point compared to the others which 
reduced the upper surface pressure recovery resulting in less separation and higher 
maximum lift. 

The flap designs were analyzed for flap deflections o€  35 

4 

-2 

cP -1 k; 
I 

0 .I .2 .s 
XIC 

4 

4 

-1 L; 
0 . l  .2 .I 

x/c 

-6 

-2 :L: -1 1 

0 . I  .2 .J 

x/c 

Figure 26 

666 



COMPARISON OF GEOMETRIES FOR SINGLE- AND DOUBLE-SLOTTED 
FLAPS FOR HSNLF(1)-.0213 AIRFOIL 

A double-slotted trailing-edge flap was also designed for the HSNLF(1)-0213 
airfoil to provide an additional increment of lift. The vane, which is the forward 
flap element, had to be concealed in the cove region, and the aft-flap element had 
the same design constraints as that for the single-slotted flap design. The vane- 
flap combination was designed so that the vane remained in a fixed position relative 
to the aft-flap when deflected. A simple fixed external-hinge mechanism was proposed 
as the flap actuation device. A comparison of the finalized single- and double- 
slotted flap geometries is presented in figure 27. The vane element has a chord of 
8 percent and the aft-flap a chord of 20.5 percent of the wing chord. The upper sur- 
face cutoff point on the main element was moved from 92 to 87 percent for the douhle- 
slotted design to allow for the passage of the vane element through the cove opening 
for flap deflections greater than 20 degrees. For flap deflections greater than 
25 degrees, the lower surface trailing-edge deflector can be deflected upward into 
the cove approximately 15 degrees to improve the acceleration of the flow through the 
slot. The primary advantage of the double-slotted design is that the second slot 
allows for additional energization of the flap boundary layer which will further de- 
lay separation and increase the maximum obtainable lift. 

DOUBLE- AND SINGLE-SLOTTED FLAPS FOR HSNLFIll-O213 AIRFOIL 

ZIC 4.19 

(al DOUBLE-SLOllED FLAP 

SPOILER HINGE P O l N l 8 5 . 5 % C  

(bl S INGE-SLOl lED FLAP 

Figure 27 
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MAXIMUM LIFT PERFORMANCE OF HSNLF(1)-0213 IJITH SINGLE- AND 
DOUBLE-SLOTTED FLAPS 
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The effect of Reynolds number on the maximum lift performance of the double- 
slotted flap at 55 degrees of deflection and the single-slotted flap at 40 degrees of 
deflection I s  presented in figure 28. The maximum li€t values shown are based on 
separation of the leading-edge laminar boundary layer on the main element and do not 
include corrections for the effect of trailing-edge separation on the flap elements. 
These data show the tremendous effect of Reynolds number on the maximum liFt ohtain- 
able for both types of flaps, especially at Reynolds numbers below 4 million. This 
trend is typical f o r  Natural Laminar-Flow (NLF) airfoils that h a w  small leading-edge 
radii which produce highly favorable pressure gradients at low angles of attack for 
large runs of laminar flow on both surfaces. At higher angles of attack near stall 
these small leading-edge radii produce rather highly unfavorable pressure gradients 
that are very sensitive to separation. 

r 

- 
- 
- 
- 
- 
- 
- 
- 

I 1 1 I 1 1 1 1 
2 4 6 8 10 12 14 16 

EFFECT OF REYNOLDS NUMBER 

R x 

Figure 28 

668 



HSNLF(1)-0213 AIRFOIL SUMMARY 

Figure 29 summarizes the work done on the 2-D airfoil design of the 
HSNLF(1)-0213. 
higher design Mach numbers are possible by increasing the aft loadfng and reducing 
the camber overall on the airfoil. This approach would also allow for flatter 
acceleration regions which are more stabilizing €or cross-flow disturbances. Sweep 
could then be used to increase the design Mach number to a higher value also. There 
would be some degradation of high lift by decambering the airfoil overall, and this 
aspect would have to be considered in the final design. 

The airfoil was decambered by removing the aft loading; however, 

SUMMARY 

0 Shock-free NLF airfoil designed for M = 0.70 and C = 0.26 for applications 
I 

without sweep 

High-speed airfoil designed with favorable gradients back to 55% chord 
on upper surface and 65% chord on lower surface 

0 Linear stability analysis in the laminar boundary layer indicated that at 
the design point compressible Tollmien-Schlichting disturbances were 
not large enough to cause transition before laminar separation 

0 Upper surface turbulent pressure recovery optimized so that no separation 
occurred at design when transition occurred at the leading edge 

0 Single-slotted and double-slotted Fowler flap designs were optimized to 
get acceptable low-speed characteristics 

Figure 29 
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INTRODUCTION 

Recently, increased emphasis has been placed on the development of advanced 
airfoils for application to high-performance general aviation and commuter 
aircraft, Research conducted in this area has been directed toward developing 
airfoils with extensive natural laminar flow (NLF) in an attempt to obtain 
lower cruise drag coefficients and yet maintain acceptable maximum lift and 
stalling characteristics. One airfoil designed with these considerations is 
designated as NLF(1 )-Ow 4F. 

The design, theoretical calculations, and two-dimensional airfoil test 
results for NLF(1)-0414F have been extensively reported in references 1-4. The 
results presented herein highlight some of the recent wind-tunnel tests con- 
ducted with the airfoil. The most recent wind-tunnel results have been obtained 
in a cooperative program with Cessna by testing a full-scale modified Cessna 210 
(figure 1 )  in the Langley 30- by 60-Foot Wind Tunnel. This aircraft features a 
modified wing of increased aspect ratio and incorporates the NLF(1)-0414F 
airfoil. In addition to documenting the characteristics of the airfoil in this 
application, tests were conducted to determine the effects of premature boundary- 
layer transition on the overall airplane performance, stability, and control. 
Some supporting two-dimensional airfoil results, obtained in the Langley Low 
Turbulence Pressure Tunnel (LTPT), are included to describe some of the basic 
airfoil characteristics. 

Additional results are presented concerning the effects of several wing 
leading-edge modifications applied to the modified Cessna 210. These tests were 
conducted to determine whether leading-edge modifications that previously were 
shown to provide excellent stall/spin resistance on more conventional, 
wing/airfoil configurations (references 5 through 7 )  could be developed for 
application to an NLF wing design of high aspect ratio. Results are presented 
which show the effects of the modifications on the wing stalling characteristics 
and the associated effects on cruise performance. 

Figure 1 



NLF( 1 )-0414F DESIGN CHARACTERISTICS 

Some of the design characteristics of the NLF(1)-0414F a i r f o i l  are ind ica t ed  i n  
figure 2. The airfoil is designed to achieve low profile drag coefficients at a 
cruise condition of R = 10 x 10 6 by maintaining natural laminar flow (NLF) to 
about 70-percent chord on both upper and lower surfaces. Because of the favora- 
ble pressure gradients required for extensive NLF, the airfoil experiences a 
fairly rapid pressure recovery. At off-design conditions, flow separation in 
the pressure recovery region would be expected without implementation of some 
type of boundary-layer energizer. 

To improve the stall and maximum lift characteristics, a thicker leading 
edge was utilized than is normally considered for airfoils with such extensive 
laminar flow ope ra t ing  a t  such high chord Reynolds numbers. It was known t h a t  
this thick leading edge would limit the low drag C1-range on the bare airfoil 
because of premature negative pressure peaks; however, the chance of a leading- 
edge type stall would be reduced. One possible means of regaining a wider 
low drag C1-range is the use of a small chord trailing-edge flap to maintain 
favorable pressure gradients on both surfaces over a relatively wide range of 
lift coefficients. 

More detailed discussions of the design objectives and the performance char- 
acteristics of the NLF(1)-0414F a i r f o i l  are found i n  r e fe rences  1 through 4. 

@ 7 0 %  Natura l  laminar f low on both sur faces  
at R = I O  x 106 

- Rapid pressure  r e c o v e r y  

@Thicker  leading edge than normal NLF airfoi ls 

- Enhances maximum lift  and 
sta l l  character is t ics  

Figure 2 
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EFFECT OF ROUGHNESS ON SECTION CHARACTERISTICS 

The e f f e c t s  of roughness appl ied near the  a i r f o i l  leading edge on t h e  two- 
dimensional a i r f o i l  s ec t ion  c h a r a c t e r i s t i c s  a r e  shown i n  f i gu re  3. These da t a  
were measured i n  the  Langle Low Turbulence Pressure Tunnel ( L T P T )  a t  a chord 
Reynolds number of 6 .0  x I O g  which corresponds approximately t o  the c r u i s e  con- 
d i t i o n s  of the modified Cessna 210.  The da ta  show t h a t  when t r a n s i t i o n i n g  from 
a p r i m a r i l y  laminar t o  a pr imar i ly  turbulen t  boundary l aye r ,  l a rge  increases  i n  
drag a r e  caused by the  l o s s  of ex tens ive  laminar flow. Also, the l i f t  and 
p i t ch ing  moment c h a r a c t e r i s t i c s  a re  e s s e n t i a l l y  unchanged, which i s  very des i ra -  
b l e  i n  terms of s a f e t y  of f l i g h t  and a i r c r a f t  c e r t i f i c a t i o n .  

Another a i r f o i l  c h a r a c t e r i s t i c ,  which is independent of roughness e f f e c t s ,  is 
the  reduct ion i n  s lope  of the  l i f t  curve near 4 O  angle  of a t t a c k .  Th i s  reduc-  
t i o n  in  l i f t - c u r v e  s lope  is caused by  a n  upper-surface t ra i l ing-edge  separa t ion  
t h a t  occurs  i n  the  pressure recovery region.  I t  w i l l  be shown in  the  next f i g -  
ure  t h a t  the separa t ion  can be minimized by u s i n g  boundary layer  re -energ izers  
(vor tex  genera tors )  placed i n  the  appropr ia te  loca t ion .  

R=6.0 X l o 6  

Roughness 

0 Off 
0 On at 7 .5% x / c  

2.4 

2.0 

1.6 

1.2 

.8 

.4 

0 

-.4 

C l  

I 1 1 

-8  0 8 16 2 4  0 .008 .Ole - 0 2 4  0 - . l  -.2-.3 

a, deg  c d  Cm 

Figure 3 
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EFFECT OF VORTEX GENERATORS ON SECTION CHARACTERISTICS 

Vortex genera tors  are small  low-aspect-ratio wings which a r e  posi t ioned on 
the a i r f o i l  su r f ace  a t  a high angle  of incidence wi th  r e spec t  t o  the  l o c a l  flow 
d i r e c t i o n .  The purpose of t h e  vortex generator  is  t o  energ ize  t h e  t u rbu len t  
boundary l a y e r  and 'thus reduce t u r b u l e n t  s epa ra t ion  at off-design condi t ions .  
Figure 4 i l l u s t r a t e s  the  e f f e c t s  of vortex genera tors  on a i r f o i l  s ec t ion  
c h a r a c t e r i s t i c s  f o r  t h e  NLF(1)-0414F a i r f o i l  a t  a Reynolds number o f  3.0 X 10 . 
Trailing-edge sepa ra t ion  is ind ica ted  by the decrease i n  l i f t - c u r v e  s lope  f o r  
angles  of a t t a c k  g r e a t e r  than about 4 degrees f o r  the  vortex genera tors  removed. 
I n s t a l l a t i o n  of a spanwise row of vortex gene ra to r s ,  0 .2  inches high, spaced 
1 . 6  inches a p a r t ,  and loca ted  a t  0.60 chord, results i n  a n  improvement i n  l i f t  
and drag performance f o r  angles  of a t t a c k  g r e a t e r  than  about 4 degrees .  
i n  t h e  low l i f t - c o e f f i c i e n t  range a drag  penal ty  i s  shown f o r  t h e  r e s u l t s  w i t h  
the  vor tex  genera tors  i n s t a l l e d .  

6 

However, 

R=3.0  X l o 6  

Vortex generators 

0 Off 
0 60% Chord 

2-4F 2.0 

CI l::[ 

.4 

-.4 O r !  I I I 

-8 0 a 16 24 0 .008 .016 .024 0 -. 1 -.2 -.3 

a, deg c d  Cm 

Figure 4 
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EFFECT OF REYNOLDS NUMBER ON SECTION CHARACTERISTICS 

The effect of Reynolds number on the two-dimensional airfoil section 
characteristics are shown in figure 5 for Reynolds numbers of 2.0 x l o 6  and 6 . 0  
x l o 6 .  
(landing) condition of the modified Cessna 210 and was the Reynolds number used 
for the majority of the tests in the 30- by 60-Foot FIind Tunnel. As mentioned 
previously, a Reynolds number of 6.0 x I O 6  corresponds approximately to the 
cruise condition of the mcdified Cessna 210. 

A Reynolds number of 2.0 x l o 6  corresponds approximately to the high-lift 

The differences in lift and drag shown in figure 5 illustrate the importance 
of accounting for the Reynolds number effects on dirfoils such as NLF(1)-0414F. 
m e  data measured at R = 6 .0  x 106 could be used to predict the cruise performznce 
of the aircraft but would indicate unrealistically h i g h  levels of lift availa- 
ble for landing. 
the 30- by 60-Foot Wind Tunnel) would accurately riupresent the landing 
condition but would indicate higher values of drq: at cruise conditions. 
However, it was found that the incremental changes in total airplane drag due to 
roughness at R = 2.0 x I O 6  (shown in later figures) were very similar to the 
increments obtained in flight at higher Reynolds nmbers. 

The data measured at R = 2.0 x I O 6  (including the data from 

R X 

0 2 .0  
0 6.0  

1. 

1 .  

- 0  0 8 16 2 4  0 .008 . 0 1 6  . 0 2 4  0 - . l  - . 2 - . 3  

a, deg  c d  C m  

Figure 5 
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EFFECT OF TAPE TURBULATORS O N  SECTION CHARACTERISTICS 

A t  the  lower Reynolds numbers, increases  i n  drag can be p a r t l y  due t o  a r e a s  
of laminar s epa ra t ion .  A s  the  Reynolds number is decreased,  the boundary l aye r  
becomes increas ingly  s t a b l e  a t  the  laminar separa t ion  point  i n  the  beginning of 
the s t e e p  p res su re  r i s e s  on both su r faces .  When the  highly s t a b l e  boundary 
l aye r  reaches the  laminar separa t ion  po in t ,  i t  sepa ra t e s  and t akes  a considera-  
b le  d i s t ance  before  t r a n s i t i o n i n g  and r ea t t ach ing  back t o  t h e  a i r f o i l  su r f ace .  
Large drag p e n a l t i e s  a r e  assoc ia ted  with t h i s  separated region.  One method of 
e l imina t ing  t h i s  separated region is u t i l i z i n g  t u r b u l a t o r s  t o  t r i p  the flow 
before  the laminar s epa ra t ion  poin t  is  reached. Figure 6 i l l u s t r a t e s  t he  drag 
reduct ion  r e a l i z e d  by suppressing these  laminar separa t ion  reg ions  on the  
NLF(l)-OhlkF a i r f o i l  for a Reynolds number of  3.0 x 106, The type  of t u r b u l a t o r  
u s e d  i n  t h i s  case was tape  of 0 .012  inches th i ck  and 0 .25  inches wide placed a t  
68-percent chord on the  upper su r face  and 66-percent chord on the  lower su r face .  

R = 3 . 0  X lo6  

.010 

.008 

.006 
c d  

.004 

,002 
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Tape turbulator 
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Figure 6 
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MODIFIED CESSNA 210 DESIGN CHARACTERISTICS 

The design characteristics of the modified Cessna 210 are shown in figure 7. 
The modified wing is of higher aspect ratio, higher wing loading, and incorpo- 
rates the NLF(1)-0414F airfoil. 
cruise performance. 
flap is designed to vary the low-drag C1-range with small flap-deflections. 
This "cruise" flap could a l s o  be set to large trailing-edgc-dovn deflec- 
tions to enhance the maximum lift characteristics. Roll control is provided 
by a combination of ailerons and spoilers. 

All of these changes are designed to improve 
A small. 12.5-percmt chord trail.ing-edge ''cruise" 

Modified 
2 1 0  2 1 0  

S, f t 2  184.5 160.0  
42.0 

NLF-04 14 3.9 
11 .0  

Figure 7 
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30- by 60-FOOT WIND-TUNNEL TESTS 

The modified Cessna 210 a i rp l ane  ( f i g u r e  8 )  was mounted i n  t h e  30- by 
6 0 - ~ o o t  Wind Tunnel using t h e  landing-gear attachment po in t s ,  
d i t i o n s  var ied  from a fYee-stream v e l o c i t y  of 40 mph t o  72 mph which corre- 
sponds t o  Reynolds numbers based on Overall 
aerodynamic forces  and moments were measured over ranges of angle  o f  a t t a c k  
and s i d e s l i p  of  -6" t o  40" and -6" t o  20' r e spec t ive ly .  Addit ional  t es t s  
were conducted t o  measure boundary-layer t r a n s i t i o n  using both t h e  hot-f i lm 
and subl imat ing chemical techniques,  and t h e  wing s t a l l  p a t t e r n  w a s  documented 
through flow v i s u a l i z a t i o n  s tud ie s  using t u f t s .  

The tunne l  con- 

of 1 . 4  x l o 6  t o  2 . 4  x 106. 

Figure 8 
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EFFECT OF ROUGHNESS ON AIRPLANE CHARACTERISTICS 

The effects of fixing boundary-layer transition near the wing leading-edge 
on the lift, pitching moment, and drag characteristics are shown in figures 9 
and 10. The data show that the lift and pitching moment characteristics are 
essentially unchanged when transition is fixed near the leading edge. 
Additional data (not shown) indicate that fixing transition also had 
essentially no effect on the lateral-directional stability and control. These 
characteristics are obviously very desirable from a safety and certification 
standpoint where premature boundary-layer transition ( d u e  to insect 
contamination, etc.) must be considered. 

The effects of fixing transition on the drag characteristics (figure 10)  
illustrate the large drag reduction due to the extensive areas of laminar flow 
maintained on both the upper and lower wing surfaces at cruise lift coefficients 
(approximately CL = . 3 ) .  

R-2.0 X l o 6  
.8 

.4 

0 
- . 4  

-.8 
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Roughness 

0 Off 
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1 I I J 
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EFFECT OF ROUGHNESS ON AIRPLANE CHARACTERISTICS 

R - 2 . 0  X lo6 

Roughness 

0 Off 
0 On at 5% x / c  

0 .02  .04 .06 .08 .10 . 1 2  .14 
CD 

Figure 10 
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W I N D - T U N N E L  T R A N S I T I O N  RESULTS 

The e x t e n t  of l amina r  f low was measured i n  t h e  30- by 60-Foot Wind Tunnel 
u s i n g  bo th  t h e  h o t - f i l m  and s u b l i m a t i n g  chemical  t e c h n i q u e s .  An example of  one 
of  t h e  s u b l i m a t i n g  chemical  t e s t s  is shown i n  f i g u r e  1 1  f o r  a l p h a  = l o  and 
R = 2.4  x 106. 
70-percent  chord on bo th  upper and lower s u r f a c e s  a t  the  c r u i s e  a n g l e  o f  a t t a c k .  
These r e s u l t s  a g r e e  well  w i t h  the  t h e o r e t i c a l  p r e d i c t i o n s  and the  t r a n s i t i o n  
measurements made a t  h i g h e r  Reynolds numbers i n  the  Low Turbulence P r e s s u r e  
Tunnel (LTPT)  w i t h  the two-dimensional a i r f o i l  model ( f i g u r e  1 2 ) .  A l l  of these 
d a t a  a l s o  a g r e e  v e r y  well w i t h  the  t r a n s i t i o n  measurements made by Cessna d u r i n g  
f l i g h t  t e s t s  o f  t h e  modif ied Cessna 210 ( r e f e r e n c e  8 ) .  

The t e s t  results showed tha t  l a m i n a r  f low w a s  m a i n t a i n e d  t o  a b o u t  

F i g u r e  11 
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EFFECT OF TRANSITION ON CALCULATED C R U I S E  PERFORMANCE 

The c a l c u l a t e d  performance i n c r e a s e s  on t h e  modified Cessna 210 due t o  t h e  
l a r g e  e x t e n t  of  laminar  flow a r e  i l l u s t r a t e d  i n  f i g u r e  13. These performance 
c a l c u l a t i o n s  are  made f o r  a n  a l t i t u d e  o f  10 ,000  f t ,  a weight of  3 ,500 l b s ,  and 
75-percent  power. I t  is noted t h a t  t h e s e  c a l c u l a t i o n s  a r e  d e r i v e d  from t h e  
wind-tunnel d a t a  measured < a t  R = 2.0 x I O 6 ,  where t h e  a i r f o i l  is no t  performing 
a s  w e l l  ( i n  terms of d r a g )  as  a t  t h e  t rue  c r u i s e  Reynolds number ( approx ima te ly  
R = 6 . 0  x l o 6 ) .  As a r e s u l t ,  t h e  c a l c u l a t e d  performance would be expected t o  be 
less  than  what cou ld  be o b t a i n e d  i n  f l i g h t ;  however, t h e  c a l c u l a t i o n s  were found 
t o  g i v e  a r e a s o n a b l e  e s t i m a t e  of t h e  inc remen ta l  e f f e c t s  o f  f i x i n g  t r a n s i t i o n .  

The c a l c u l a t i o n s  p re sen ted  i n  f i g u r e  I 3  i n d i c a t e  t h a t  t h e  l a r g e  e x t e n t  of  
laminar  flow would be r e s p o n s i b l e  f o r  about  a 10-percent  i n c r e a s e  i n  speed and 
range f o r  t h e  same power s e t t i n g .  These inc remen ta l  e f f e c t s  a r e  similar t o  t h e  
performance measurements made by Cessna d u r i n g  f l i g h t  t e s t s  o f  t h e  modified 
Cessna 210 ( r e f e r e n c e  8 ) .  The c a l c u l a t i o n s  a l s o  show t h a t  i f  power were reduced 
t o  f l y  a t  t h e  same c r u i s e  speed,  t hen  t h e  l a r g e  e x t e n t  of laminar  f low would be 
r e s p o n s i b l e  f o r  abou t  a 29-percent  i n c r e a s e  i n  rringe. 

h = 1 0 , 0 0 0 ' ,  W = 3 , 5 0 0  Ibs, Power=75%,  q = . 8  
(Calculated f rom wind-tunnel data at R = 2  X l o 6 )  
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PRELIMINARY HIGH-LIFT RESULTS 

Some preliminary high-lift results obtained with the NLF(1)-0414F a i r f o i l  are 
shown in figure 14. The two-dimensional airfoil data on the left show the 
effect of deflecting a 20-percent-chord split flap to an angle of 6 0 ° .  The data 
on the right show the effect of deflecting the 12.5-percent-chord llcruiselt flap 
to 40° on the modified Cessna 210. Although neither of these flap configura- 
t i o n s  w a s  optimized t o  develop high l i f t  on t h i s  a i r f o i l ,  t h e  d a t a  i n d i c a t e  t h e  
potential to develop effective high-lift systems. A discussion on the 
development of high-lift systems for this airfoil is presented in reference 4. 
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L E A D I N G - E D G E  DROOP D E S I G N  

The primary leading-edge m o d i f i c a t i o n s  tested on t h e  modif ied Cessna 210 a r e  
shown i n  f i g u r e  15. Research conducted on more c o n v e n t i o n a l  w i n g / a i r f o i l  con- 
f i g u r a t i o n s  has  shown t h a t  t h e  a p p l i c a t i o n  of a n  outboard w i n g  leading-edge 
droop can s i g n i f i c a n t l y  enhance s t a l l / s p i n  r e s i s t a n c e  by ma in ta in ing  a t t a c h e d  
f low a t  the wing t i p s  a t  a n g l e s  o f  a t t ack  well above t n e  normal wing s t a l l  
( r e f e r e n c e s  5 through 7 ) .  During development of a n  outboard droop f o r  t h e  modi- 
f i e d  Cessna 210,  p r e l i m i n a r y  sub-scale t e s t s  showed t h a t  add ing  a small inboard 
droop segment i n  c o n j u n c t i o n  w i t h  t h e  outboard droop could f u r t h e r  enhance the  
s t a l l  c h a r a c t e r i s t i c s .  

In  an a t t e m p t  t o  minimize a n y  i n c r e a s e  i n  t h e  d r a g  c h a r a c t e r i s t i c s  of  t h e  
basic  wing, t h e  droop a i r f o i l  s e c t i o n  was d e r i v e d  from a n o t h e r  NLF a i r f o i l .  

D r o o p  segment 

-7 O u t b o a r d  droop :I 
/- NLF(1)-0414F 

Droop 

F i g u r e  1 5  
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EFFECT OF OUTBOARD DROOP O N  W I N G  STALL CHARACTERISTICS 

The effect of the outboard droop modification on the wing stall pattern is 
illustrated in figure 16. These sketches are based on flow visualization tests 
of the modified Cessna 210 in the 30- by 60-Foot Wind Tunnel. The sketches show 
that by 1 8 O  angle of attack the basic wing is almost completely stalled. 
the outboard droop modification, however, attached flow was maintained at the 
wing tips up to about 28" angle of attack. 

With 

Basic wing 7 

Separated flow 

Outboard droop 7 t 
Attached f low I 

Figure 16 
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EFFECT OF OUTBOARD DROOP ON DAMPING I N  ROLL 

One c r i t e r i a  f o r  a s s e s s i n g  s t a l l / d e p a r t u r e  r e s i s t m c e  is t h e  l e v e l  o f  aero- 
dynamic damping i n  r o l l .  
o f  t h e  mod i f i ed  Cessna  210 was measured d u r i n g  s u b - s c a l e  f o r c e d - o s c i l l a t i o n  
t e s t s  and is p r e s e n t e d  i n  f i g u r e  17.  I t  is n o t e d  t h a t  wing s t a l l  o c c u r r e d  a t  a 
lower  a n g l e  o f  a t t a c k  i n  t h e s e  tests because  of t h e  lower t e s t  Reynolds  number 
( R  = .65 x I O 6 ) .  
u n s t a b l e  r o l l  damping a t  t h e  s t a l l  because  of t h e  n e g a t i v e  l i f t - c u r v e  s l o p e  of 
t h e  wing. T h e  a d d i t i o n  of t h e  o u t b o a r d  d roop  is shown t o  s i g n i f i c a n t l y  enhance  
t h e s e  c h a r a c t e r i s t i c s ;  however ,  u n s t a b l e  r o l l  damping is s t i l l  produced  b e c a u s e  
o f  t h e  r a p i d  s t a l l  o f  t h e  l a r g e  i n b o a r d  area of t h e  wing. 

The e f f e c t  o f  t h e  o u t b o a r d  d r o o p  on t h e  r o l l  damping 

The d a t a  show t h a t  t h e  b a s i c  c o n f i g u r a t i o n  e x h i b i t s  h i g h l y  

.4 

. 2  

0 
Roll 

damping 

-. 2 

-.4 

-. 6 

Basic 
--- Outboard droop A 

I 1 1 J 
10 20 30 40  

a, deg 

F i g u r e  17 
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EFFECT OF DUAL SEGMENT DROOP O N  W I N G  STALL CHARACTERISTICS 

T h e  combined e f f e c t  of the outboard droop and the  inboard droop segment 
( c a l l e d  a dual  segment droop o r  segmented droop) on the  wing s t a l l  p a t t e r n  is 
shown i n  f i g u r e  18 a t  1 8 O  angle  of a t t a c k .  I n  t h i s  case ,  the  inboard droop seg- 
ment was found t o  a c t  a s  a vortex generator  and was e f f e c t i v e  i n  delaying the  
rap id  s t a l l  of t he  inboard a rea  of the  wing.  

Separated f low 

Outboard droop Droop segment 

Attached f low 

Figure 18 
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EFFECT OF DUAL SEGMENT DROOP O N  D A M P I N G  I N  R O L L  

The effect of the dual segment droop (segmented droop) on the roll damping 
characteristics are shown in figure 19. By delaying the rapid stall of the 
inboard area of the wing, the addition of the inboard droop segment was found to 
eliminate the unstable roll damping at the stall that was encountered with the 
outboard droop modification. Therefore, a combination of the outboard droop and 
the inboard droop segment was found to provide stable roll damping characteris- 
tics across the entire angle-of-attack range. 

.4 

.2 

0 
Roll 

damping 

-.2 

-.4 

-.6 

- - Basic --- Segmented dr 

- 

I I I I 
10 20 30 40 

a, deg 

'OOP 

Figure 19 
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BOUNDARY LAYER TRANSITION WITH LEADING-EDGE MODIFICATIONS 

A photograph of a sublimating chemical test with the leading-edge modifica- 
tions in place is shown in figure 20. The photograph shows turbulent wedges 
emanating from the droop discontinuities and boundary layer transition occurring 
on the upper surface of the droop airfoil section at about 70-percent chord. 
Boundary layer transition was found to occur near the leading edge on the lower 
surface of the droop airfoil section; however, it is felt that more extensive 
laminar flow could be maintained on the lower surface by redesigning the droop 
airfoil section. In any case, the good laminar flow characteristics observed on 
the upper surface of the droop airfoil section would be expected to help min- 
imize the drag penalty of the modifications. 

Figure 20 
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EFFECT OF LEADING-EDGE MODIFICATIONS ON CALCULATED CRUISE PERFORMANCE 

2 5 0  

200 

1 5 0 .  

Power,  
HP 

100 

The calculated effects of the leading-edge modificdtions on the cruise per- 
formance characteristics are presented in figurp 2 1  using the same cruise condi- 
tions explained previously. The data show that the outboard droop modification 
would be responsible for about a 1.1-percent decrease in cruise speed whereas the 
segmented droop would be responsible for about a 2.8-percent decrease. The rea- 
son for the proportionately larger speed reduction wit5 the addition of the small 
inboard droop segment is probably due to the addition of two discontinuities to 
each wing leading edge. However, additional tests 'lave suggested the possibil- 
ity of using a large vortex generator  t h a t  only affects the wing upper su r face ,  
in place of the inboard dr'oop segment. These tes:s, with the combination of the 
outboard droop and a large inboard vortex generator, predicted a cruise speed 
reduction only slightly more than with the outboard droop alone. This leading- 
edge configuration also produced wing stall patterns similar to the segmented 
droop configur2tion; however, roll damping data ari. not presently available for 
comparison. In any case, these cruise speed reductions are considered small 
compared to the potential stall/departure enhancement provided by the leading- 
edge modifications. 

- 

' 

' 

h = 10,000', W =  3,500 Ibs, Power = 7 5 % ,  q=.8 

- 

0 Basic 
0 Outboard droop 
0 Segmented droop 

I 1 1 I I 1 
0 100 120 140 160 180 200 

V, knots  

F i g u r e  21 
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SUMMARY 

The large performance gains predicted for the NLF(1)-0414F airfoil have been 
demonstrated in two-dimensional airfoil tests and in wind-tunnel tests conducted 
with a full-scale modified Cessna 210. The performance gains result from main- 
taining extensive areas of natural laminar flow, and have been verified by 
flight tests conducted with the modified Cessna 210 (see reference 8). 

The lift, stability, and control characteristics of the modified Cessna 210 
were found to be essentially unchanged when boundary layer transition was fixed 
near the wing leading edge. These characteristics are very desirable from a 
safety and certification standpoint where premature boundary layer transition 
(due to insect contamination, etc.) m u s t  be considered. 

The leading-edge modifications were found to significantly enhance the roll 
damping characteristics of the modified Cessna 210 at the stall, and were there- 
fore considered effective in improving the stallldeparture resistance. Also, the 
modifications were found to be responsible for only minor performance penalties. 
A cooperative NASA/Cessna flight test program is planned to further investigate 
the effects of the leading-edge modifications on the modified Cessna 210. 

0 Performance gains of N L F ( I b 0 4 1 4 F  airfoil demonstrated 
in wind-tunnel t e s t s  and verif ied in flight 

0 Lift,  stability, and control characteristics not af fected 
by transition from laminar to turbulent flow 

0 Leading-edge modifications improve the stal l /departure 
resistance with only minor performance penalties 

Figure 22 
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ABSTRACT 

Wind tunnel tests have been conducted to evaluate a natural 
laminar-flow airfoil designed for the high-speed jet aircraft in 
general aviation (ref. 11. The airfoil, designated as the HSNLF(1)- 
0 2 1 3  has been tested in two-dimensional wind tunnels to investigate 
the performance of the basic airfoil shape. A three-dimensional wing 
designed with this airfoil and a high-lift flap system is also being 
evaluated with a full-size, half-span model. 
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OUTLINE 

The two-dimensional tests include low-speed tests in the Langley 
Low-Turbulence Pressure Tunnel (LTPT) at Mach numbers ranging from 
0.10 to 0.30 to determine the extent of laminar flow possible at low 
speeds and also to measure the maximum lift of the basic airfoil 
(figure 1). The low-turbulence pressure tunnel is ideally suited for 
both of these items because of excellent flow quality and a unique 
f o r c e  balance specifically designed for high-lift airfoils. 

The high-speed characteristics were investigated in the Langley 
6- by 28-Inch Transonic 'runnel to examine the cruise and climb 
performance at. Mach numbers from 0.5 to 0.78. 

The three-dimensional wing design has been recently tested in the 
Langley 3 0 -  by 60-Foot Tunnel with a half-span model that includes 
both a slotted flap and a fuselage shape. This investigation was 
conducted to determine the maximum lift for the flap system and to 
survey the boundary-layer characteristics at spanwise stations. 

0 2-D tests, low speed, LTPT, M = ,1 - ,3 
Laminar flow 
Maximum lift 

0 High speed test, 6 x 28 T,T, ,  M = .5 - ,78 

Cruise/cl imD performance 

0 3-D tests in 30 60 
e Full-scale semi-span model 
e Actual flap system 

Figure 1 

699 



AIRFOIL PROFILE 

The shape of the HSNLF(1)-0213 airfoil shown in figure 2 
represents a 13-percent thickness ratio which is designed for a cruise 
Mach number of 0 . 7 0 ,  cruise lift coefficient of 0.26, and chord 
Reynolds number of 11 million. 

These conditions allow laminar boundary layers back to 55-percent 
chord on the upper surface and 65-percent chord on the lower surface. 

M = 0,7, cl= 0.26, R = 11 million 

0 1  

z/c 0 

- 6 1  

r 

I 1  I I 1 I i I I I 1 1 1 I I I 1 1 I 1 I 
0 I 1  I 2  I 3  I 4  I 5  ,6 I 7  I8  I 9  110 

x/c 

Figure 2 
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LOW-SPEED TESTS IN LTPT 

The low-speed, two-dimensional airfoil tests were conducted in 
LTPT with a solid model supported by an external force balance (figure 
3a) connected to the tunnel sidewalls. This balance provides the lift 
and pitching moment while drag measurements are determined from a wake 
survey probe, which is shown behind the model in figure 3b. 

Boundary layers on the surfaces of the model were assessed with 
hot-film gages to determine laminar, transitional, or turbulent flows 

An estimation of the high-lift capability with a simple flap 
system was provided with a trailing-edge split flap that appears on 
the model lower surface in figure 3b. This split flap was deflected 
60 degrees in a similar manner to airfoil experiments described in 
ref. 2. 

0 Solid model 

0 fo rce  balance f o r  lift and pitching-moment 

0 Wake survey probe for drag 

0 Hot-film gages to assess boundary layers 

0 Simulated split flap 

Figure 3a 
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F i g u r e  3b 
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MINIMUM DRAG 

01010 

0,008 

0,006 

‘d 
0,004 

0,002 

0 

The two-dimensional, low-speed tests were conducted with both 
smooth model surfaces and fixed transition from thin spanwise strips 
of carborundum at 5-percent chord on the upper and lower surfaces. 
The minimum drag from these two surface conditions is shown in figure 
4 in variation with the Reynolds number. The difference in drag 
levels is approximately 0.0040 to 0.0045 in drag coefficient values, 
which is due to the extensive laminar boundary layers on the smooth 
model. 

- 
- 
- 
- 
- 

- 
- 
- 

I I I I I I I I 

For the low-speed tests, minimum drag occurred at lift- 
coefficient values of approximately 0.20. 

C, = 012, M 0,3-LTPT 

0 Model smooth 
0 Fixed trans, a t  0,05c 

Reynolds number 

Figure 4 

703 



LOW-SPEED PERFORMANCE 

Figure 5 presents the airfoil low-speed performance fromethe two- 
dimensional tests in LTPT with the variation of drag coefficient with 
lift coefficient. The chord Reynolds number is 9 million, and a range 
of lift coefficients between 0.08 and 0.20 provides the boundaries of 
the low-drag “bucket”. 

HSNLF( 1 )-0213 AIRFOIL; LTPT DATA 
R = 9 = 1 0  6 

‘d 

I010 

008 

I 006 

I 004 

I002 

0 - I 2  0 12 ,4 ,6 1 8  1, 

‘1 

Figure 5 
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BOUNDARY-LAYER ASSESSMENT FROM HOT FILM 

For the two-dimensional airfoil tests in LTPT, the various states 
of the boundary layers on the upper and lower surfaces of the model 
were assessed with hot-film gages. These flush-mounted devices 
allowed the determination of laminar, transitional, or turbulent flows 
and were mounted at 30-, 40-, 50-, and 60-percent chord on the upper 
surface and 40-, 50-. 60-, and 70-percent chord on the lower surface. 

Figures 6a and 6b show the states of the boundary layers at these 
chord stations with varying lift coefficients. Both upper and lower 
surfaces are presented at Reynolds numbers of 3 and 9 million. The 
laminar boundary layers, denoted by the open circle symbols, diminish 
from the upper surface with increasing lift coefficient as the 
transition location moves upstream. The lower surface responds in the 
opposite manner by gaining more laminar flow. However, since the 
highest local flow velocities are on the upper surface, the skin 
friction for the turbulent boundary layers on the upper surface 
contributes the net increase in drag with increasing lift coefficient, 
as seen in figure 5. 

At lift coefficients below 0.08, the transition point on the 
lower surface begins to move forward as lift coefficient decreases, 
and the drag increases in the same manner as seen for the higher lift 
coefficients ( c a  > 0.2). 

In several instances, the boundary layers on the same surfaces at 
the same lift coefficients will have different amounts of laminar flow 
at the two different Reynolds numbers. These differences are due to 
the higher turbulence levels in the facility at the higher Reynolds 
number, which in turn, causes earlier transition. 

R = 3.0 x lo6: M = 0.047 (LTPT) 

0 Laminor E Transitional +Turbulent 

0000 

$4 0000 F +++e 
004+ 

* 3 t  oo++ 1 3 1  0000 

q O O P P  J t  0000 

0000 
0 

O 1  O O P P  

0 , 2  ,4 ,6  ,8 1,O 0 ,2  ,4  ,6 ,8 1 , O  

x/c, u , s ,  x/c, L,S, 
Figure 6a 
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BOUNDARY LAYER ASSESSMENT FROM HOT FILM 
R = 9,O x lo6 ;  M = 0.139 (LTPT) 

0 Laminar 0 Transitional Turbulent 

- # I t  oo++ 

0 0 0 0  
15 t 

0 ,2 . 4  , 6  , 8  1 , O  0 .2 , U  .6 , 8  1 , O  

x /c ,  U , S O  x /c ,  L.S. 

Figure 6b 
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MAXIMUM LIFT OF BASIC AIRFOIL 

210 

1.8 

1 . 6  

1.4 

112 

1,o 

c x  max 

The maximum lift coefficient of the basic airfoil measured in the 
two-dimensional tests is presented in figure 7. Here, the variation 
of maximum lift coefficient with Mach number is provided for Reynolds 
numhers of 3, 4 ,  and 6 million. 

- 
- 
- 
- 
- 

I I I 1 

At a Reynolds number of 6 million, the maximum lift coefficient 
appears to decrease by almost 10 percent in value at the highest Mach 
number. The pressure tunnel allows independent variation of Mach 
number and Reynolds number to learn the true variation of maximum lift 
with either of these parameters. 

Basic Airfoil Only - LTPT 

0 R = 6 x 1 0 6  
D R = 4  
0 R = 3  

M 

Figure 7 
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SPLIT-FLAP PERFORMANCE 

To evaluate the capability of a simple high-lift device, a 
simulated split flap of 0.20 chord length was mounted on the lower 
surface of the airfoil model in LTPT. The split flap served as a 
baseline high-lift device in the testing reported in ref. 2 as well as 
this test. 

This flap was deflected 60 degrees, and its effect is shown in 
figure 8 with the variation of lift coefficient with both angle of 
attack and pitching-moment coefficient. The split-flap provides a 
large increase in maximum lift coefficient, from 1.65 to 2.50, but 
also causes more negative pitching moment. 

M = 0,lO: R = 6 y 106 

2 ,8  

2 , 4  

2.0 

1 ,6  

1 , 2  

l 8  

I 4  

0 

c l  

I 
- 4  o 4 a 12 16 20 -,4 -12 0 8 2  

a, deg 

Figure 8 
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HIGH-SPEED TESTS IN 6- BY 28-INCH TRANSONIC TUNNEL 

Evaluation of the airfoil performance at cruise and climb speeds 
was provided by two-dimensional tests in the Langley 6 -  by 28-Inch 
Transonic Tunnel (6x28 TT). The tests were conducted at Mach numbers 
ranging from 0 . 5 0  to 0.78 and at Reynolds numbers of 4 and 10 million. 
(Figure 9 ) .  

The model for these tests is shown in figures 10a and 10b as a 
solid shape with routing for chordwise surface pressure measurements. 
The measured pressure distributions were integrated along the chord to 
give normal force and pitching moment. Drag was measured by a 
traversing wake-survey probe. 

The 6x28 TT is a blowdown facility and is unsuitable for testing 
natural laminar-flow airfoils. Drag measurements would therefore 
exceed the theoretical values by significant increments. However, 
these tests offered experimental pressure distributions at cruise and 
climb values of Mach number and Reynolds number which would help 
verify the airfoil design. 

0 Chordwise pressure distrlbutlons 

0 Wake survey probe for drag 

0 Blowdown facility 

Unsuitable for laminar f l o w  

Figure 9 
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The two-dimensional, high-speed airfoil tests w re conducted on 
the model shown in figures loa and lob. A chordwise row of pressure 
orifices is located on each surface, and the routing associated with 
these orifices was located entirely on the lower surface to allow 
minimum surface disturbances on the upper surface. 
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MODEL FOR HIGH-SPE 

F i g u r e  10b 
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TWO-DIMENSIONAL, HIGH-SPEED RESULTS 

Results from the high-speed airfoil tests are shown in figure 11, 
which consists of the airfoil section characteristics for the smooth 
model, i.e., free transition, at the design Mach number of 0.70. 

The section characteristics are given for three values of 
Reynolds number, ranging from 4 to 10 million, and indicate 
essentially identical behavior for the variation of normal-force 
coefficient with both angle of attack and pitching-moment coefficient. 

For normal-force coefficients between 0.25 and 0.30, the drag 
coefficients at the 4 . 3  million Reynolds number still remain lower but 
become somewhat erratic. Drag levels at the 8.6 and 10.4 million 
Reynolds numbers have similar values to the low-speed data f o r  minimum 
drag with fixed transition (see figure 4 ) .  This behavior indicates 
sufficient flow quality to allow some laminar boundary layers at the 
4.3 million Reynolds number. At the higher Reynolds numbers, the 
tunnel turbulence level has probably increased to eliminate any 
substantial laminar flow. 

. 7  

- 6  

- 5  

, 4  

cn - 3  

,2 

,1 

0 

- . 1  

REYNOLDS NUMBER EFFECTS 
SmOOth mael ( 6  x 28 T . T . )  

M R 
0 0.697 4 . 3  x 106 
0 ,697 8.6 
0 ,692 10.4 

- 3  - 2  -1 0 1 2 3 0 .002.004.006.008,010.012-.1 0 ,1 

a, cleg CQ cm 

Figure 11 
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COMPARISON OF THEORY VERSUS EXPERIMENT 

Figure 12 provides a comparison between the high-speed test data 
and the theory used in the design and analysis of the airfoil 
(ref. 1). The primary value of this comparison is the close agreement 
between the experimental and theoretical pressure distributions, which 
offers a major design verification. Without the proper pressure 
distribution, the extent of laminar flow on the airfoil would be 
unachievable. 

6 M = 0,70, R = 4 >I( 10 C, = 0,26 

Theory, cd = 0,0041 - 

cP 

- 

iment, ‘d 0,0074 

Figure 12 
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DRAG-RISE CHARACTERISTICS 

Figure 13 illustrates the variation of drag coefficients with 
Mach number for the high-speed airfoil tests. 

Test data were taken with fixed transition at 5-percent chord on 
upper and lower surfaces to investigate the airfoil performance 
without laminar flow at the near-design Reynolds number of 10 million. 
In comparison, the smooth model data at 4 million only had limited 
amounts of laminar flow due to the tunnel-flow quality. 

The important aspects of the drag-rise characteristics in figure 
12 are, first of all, that even limited amounts of laminar flow 
provide an increase in the drag-rise Mach number from 0.72 to 0.74. 
Also, even without laminar flow, where transition occurs near the 
leading edge, the drag-rise Mach number for this airfoil still exceeds 
the design Mach number 0.72 versus 0 . 7 0 .  

C, = 0,26, 6 y 28 T , T ,  

'd 

0,024 

01020 

0,016 - 

0,012 

0,008 - 

- 
- 
- 
. 
- 
- 
- 

- 

0 Model smooth, R = 4 x 10 6 
0 Fixed t r ans ,  a t  O 1 0 5 C ,  R = 10 lo6  

0 I 004 

0 
0160 0,64 0168 0.72'  0,76 0,80 

M 

Figure 1 3  
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THREE-DIMENSIONAL TESTS IN 30 x 60 FOOT TUNNEL 

Tests of a full-scale, semi-span model using the HSNLF-0213 .. 
airfoil section were conducted in the Langley 30-  by 60-Foot 
Tunnel (figures 14a and 14b). The primary purpose was to evaluate the 
low-speed, high-lift characteristics of a three-dimensional wing using 
this NLF airfoil section. The tests were conducted at a Reynolds 
number of 3 . 7  x 10 based on mean aerodynamic chord and over an angle- 
of-attack range from -loo to 30'. In addition to force and moment 
measurements, pressure data, flow visualization, and hot-film data 
were obtained. 

6 

0 Fu l l - s i ze  semi-span model 

0 Actual f l a p  system 

0 Force and moment data 

a Hot f i l m  and f l o w  v i s u a l i z a t i o n  

Figure 14a 
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F i g u r e  14b 
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SEMI-SPAN MODEL GEOMETRY 

The model shown in figure 15 includes a body of revolution to 
simulate the presence of a fuselage near the wing. All force and 
moment data include the forces and moments acting on the fuselage. 
The fuselage is representative of a business jet fuselage in size and 
shape. Also included on the model are a deflectable aileron and 
spoiler to evaluate roll control and a multi-position flap to 
determine maximum lift for landing. 

S,,, = 125 f t2  

R- 

+I A i  let-on 

S i  
ri I \..'../ 

5.5" 

30,O R - /  

Figure 15 
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OR SEMI-SFAN MODEL 

Flap deflections are made by changing three brackets locaked on 
the loger surface of the wing. Deflections og O o ,  5 O ,  l o o ,  20°, 30", 
and 40 are possible, In addition, at the 40 flap deflection, it is 
poss ib l e  to vary both t h e  gap and over lap  of t h e  f l a p .  The flap i s  a 
28-percent chord flap that extends from the wing root to a span 
loca t ion  of 2y/b = 0 . 7 9 .  See f i g u r e  1 6 .  
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EFFECT OF FLAP DEFLECTION ON LIFT 

The lift characteristics for both O o  and 40°  flap deflections are 
shown in figure 17. With the flap undeflected, a CL of about 0.25 is 
achieved at o( = 1 . This CL is close to CL = 0.27 predicted by the 
design techniques used in developing the twist distribution for the 
three-dimensional wing. For the undeflected flap configuration, a 

with 40" of flap deflection increases CL 

0 

of 1.4 was achieved. Using the optimal gap and overlap settings 
max cL 

to 2.6. 
max 

-20 -10 0 10 20 30 

a, deg 

& f  

0 0 "  
0 40" 

Figure .17 
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HOT-FILM GAGE 1 

I n  o rde r  t o  o b t a i n  d a t a  on t h e  amount of laminar flow be ing  
achieved on t h e  wing du r ing  t h e  t es t s ,  s i x  sets of ho t - f i lm senso r s  
were p laced  on the wing ( t h r e e  sets on t h e  upper s u r f a c e ,  t h r e e  sets 
on t h e  lower s u r f a c e ) .  These senso r s  were p laced  a t  t h e  5 - ,  l o - ,  20- ,  
30-,  4 0 - ,  5 0 - ,  60- ,  and 70-percent chord l o c a t i o n s  i n  such a way t h a t  
any  tu rbu lence  genera ted  by a senso r  connect ion would not  impact t h e  
sensors downstream ( f i g u r e  1 8 ) .  

F igure  18 



REGIONS OF LAMINAR AND TURBULENT BOUNDARY LAYERS 

6 Hot-film data taken at pl = 1' at a Reynolds number of 3.0 x 10 
are presented in figure 19. The data indicate that the amount of 
achievable laminar flow increases from the wing root to the tip. 
Boundary-layer transition starts between 0.15 c and 0.25 c and becomes 
fully turbulent by 0.5 c to 0 . 7  c. Comparisons between previous tests 
results and flight data have indicated that while boundary-layer 
transition begins at a more forward chord location in the 30- by 60- 
foot tunnel, the chord station at which the boundary layer is 100- 
percent turbulent. is generally similar. 

Boundary layer 
100-percent laminar 

1 100-percent turbulent 

Figure 19 
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EFFECT OF BOUNDARY-LAYER TRANSlTION ON DRAG 

The net result of having a significant amount of laminar flow is 
a reduction in drag. This result is illustrated in figure 20 where 
boundary-layer transition was fixed at a chord station near the 
leading edge of the wing. With transition fixed at x/c = 0 . 0 5  on both 
the upper and lower surface, an increase in C: of 0 . 0 0 3  is seen at 
CL = 0.27. Data from two-dimensional tests indicated an increase in 
C of 0.004 f o r  similar conditions. This difference can probably be 

by 60-foot tunnel data. 

D 

a F tributed to the increased transition band noted earlier in the 30-  

R = 3 , 7  x lo6 6 f  = 0" 

0 Free transit ion 
OTransition fixed 2 x /c  = 0 ,05  

l e 0 0  

I 50 

I 2 5  

I I 1 I I I I 1 
, 01  ,02 ,03 ,011 ,05  ,06 ,07 ,08 ,09 

Figure 20 
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EFFECT OF BOUNDARY--LAYER TRANSITION ON LIFT 

Of final concern is the effect of boundary-layer transition on 
the lift characteristics, which is shown in figure 21. Ideally, fixed 
transition would have no effect on lift. Test results, however, 
usually indicate some negligible reductions in C because of such 
things as a thickening of the boundary layer or slightly earlier 
separation than that for the wing with free transition. The data for 
this airfoil indicateaslight loss in lift near CL 

max 
probably di-ze to early separation. This reduction in CL, however, is 
small and its effect on performance would be minimal. 

L 

which is 

1 , 5  

1 , o  

85 

cL 
0 

- 15 

-180 

I 
0 Free t r a n s i t  ion 
O T r a n s i t i o n  f i x e d  61 x/c = 0,05 

- 10 0 10 20 30 

a, deg 

Figure 21 
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CONCLIJSIONS 

The two-dimensional airfoil tests on the HSNLF(1)-0213 airfoil 
demonstrated the following characteristics during the low-speed and 
high-speed tests (figure 2 2 ) :  

For the low-speed tests, the hot-film data showed laminar 
boundary layers back to 40-to 50-percent chord on the upper surface 
and 50- to 60-percent chord on the lower surface. The conditions for 
these observations were Reynolds numbers of 9 million, Mach numbers 
less than 0.30, and lift coefficient of 0 . 2 0 ,  which resulted in a drag 
coefficient value of 0.0040. 

The maximum lift in these tests for the basic airfoil ranged from 
1.41 to 1.68 at Reynolds numbers of 3 and 6 million, respectively 
(M = 0.10). The simulated split flap increased the maximum lift 
coefficient to 2.5 at a Reynolds number of 6 million. 

The high-speed tests primarily verified the design pressure 
distribution at the design Mach number of 0.70 and lift coefficient 
(0.26). In addition, the drag-rise Mach number with fixed transition 
near the leading edge (0.05 c )  still exceeded the design Mach number 
(0.72 vs. 0.70). For the limited amount of laminar flow achieved with 
the Reynolds number of 4 million, the drag-rise Mach number increased 
to 0.74. 

Three-dimensional tests on the full-size, semi-span model have 
evaluated the wing design with a slotted flap to determine the wing 
maximum lift coefficient and survey the boundary layer along the span. 
The basic wing (unflapped) obtained a maximum lift coefficient of 1 . 4  
for both free and fixed transition at 0.05 c. 
deflection, the maximum lift coefficient increased to 2 . 5  at the same 
Reynolds number of 3 million. 

With the 40' flap 

At the low angles of attack, hot-film data indicated laminar 
boundary layers back to 15-percent chord at the inboard station and 
25-percent chord at mid-span and outboard stations. The semi-span 
model has shown drag coefficient values of 0.0030 lower for free 
transition than for fixed transition at 0.05 c, as compared to the 
0.0040 increment observed in the two-dimensional, low-speed tests. 
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CONCLUSIONS 

0 2-D t e s t  results 
0 Low speea 

0 Laminar boundary l a y e r s  e x i s t  on 40%-50% chot rf ~ 1 , s ~  flnci 50%-60% 

l , S ,  w l t h  C d  = 0,00110 ( R  3 x l o 6 )  

Bas ic  c l i r f o i l  c ,  = 1,411, R = 3 x lo6 and 1 ~ 3 8 ,  R = 6 x 10' for 
max 

M = 0 , l O  

S p l l t - f l a p  c = 2,5, R = 6 x lo6 f o r  M = 0.10 
max 

0 High speed 

Exper in ier i ta l  and t h e o r e t i c a l  p r e s s u r e  d i s t r i h u t  ions niatctj 
,- 

At C = O J 6 ,  Mdrog- r i se  = 0,72 a t  R = 10 x l ob ,  fixed t r m s , ;  
= 0,711 a t  R = 11 4 0  6 , f r e e  t r a n s ,  

Mdrag - r  i se 
0 3-D t e s t  r e s u l t s  

B a s i c  C 

S l o t t e d  f l a p s  a t  40°, C 

0 Laminar boundary l a y e r s  on u , s ,  back t o  15% chord  inboar t l ,  25% 

= 1Jr f r e e  o r  f i x e d  t r a n s , ,  R = 3 , 7  x 10' 
Lrna X 

= 2 ,6  f r e e  o r  f i x e d  t r a n s , ,  I1 = 3,7 x lo6  
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Figure 22 
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ABSTRACT 

Th s paper reports on a Boeing aerodynamic research activity to design 
an airfoil for a large airplane capable of very long endurance times at a 
relatively low Mach number of 0.22. Airplane mission objectives and design 
optimizati n resulted in requirements for a very high design .lift coefficient 
(C1) and a large amount o f  laminar flow at high Reynolds number to increase 
the lift/drag ratio and reduce the loiter lift coefficient. Natural laminar 
flow was selected instead of distributed mechanical suction due to technology 
maturity differences when the study was performed. A design C1 of 1.5 was 
identified as the highest which could be achieved with a large extent of 
laminar flow. 

A single element airfoil was designed entirely through a "synthesis" 
or inverse design process. 
boundary-layer solution and inverse airfoil design computer codes to create an 
airfoil section that would achieve the performance goals and have reasonable 
off-design Performance. This airfoil was designed to meet several criteria in 
addition to a 1.4 design C1: a maximum C1 of 2.0, laminar flow on the lower 
surface from leading edge (L.E.) to trailing edge (T.E.) and laminar flow on 
the upper surface from L.E. to 0.30~ followed by a forced transition. The 
design process and results, including airfoil shape, pressure distributions, and 
aerodynamic characteristics are presented in this paper. 

This process uti1 ized Boeing-developed inverse 

A two-dimensional (2-0) wind tunnel model was constructed and 
subsequently tested in the 3 x 7.5 ft NASA Langley Low Turbulence Pressure 
Tunnel which enabled testing at the full scale design Reynolds number (RN) of 
14 x 106. Model instrumentation included 53 static pressure orifices on the 
upper and lower surfaces at one spanwise station and a series of flush mounted 
hot-film gages used as boundary-layer laminar-to-turbulent transition 
detection devices. A comparison is made between theoretical and measured 
results to establish accuracy and quality of the airfoil design technique for 
the high lift/natural laminar-flow application. 
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designer. The aircraft shown in Figure 1, was very large and was to be 
capable of enduring at low altitude for several days. 
relatively high Reynolds Number. 
while development work had been done for high lift/low drag sections at 
Reynolds numbers < 1x106, there had been no airfoil sections designed suitable 
for the operatingrequirements of the CPA. Therefore, a parallel research and 
development study was initiated to design a high Reynolds number, long 
endurance airfoil. 

The wing operated at 
A review o f  the literature indicated that 

The long endurance time required an airfoil design with the following 
characteristics: 

o High lift (preferably without any flap deflection) 
o Low drag 
o Laminar flow to greatest extent possible (to minimize aircraft size) 
o Reasonable stall characteristics 

Furthermore, it was desired to advance beyond the empirical approach 
to airfoil selection, that is, modifying a base airfoil with trial and error 
redesigning in the wind tunnel. 
boundary-layer solution and inverse airfoil design computer codes to create an 
airfoil section that would achieve the performance goals and still have 
reasonable off design performance. 

This study utilized Boeing-developed inverse 

LONG ENDURANCE CPA DESIGN 
(CONTINUOUS PATROL AIRCRAFT) 
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I N T R O D U C T I O N  ( C O N C L U D E D )  

1.6 T 

1 .2 -  

0.8 - 

0.4 - 

0 ,  

Because the I R & D  study was conducted in parallel with the CPA Program, 
most of the geometric and performance specifications for the 2-0 airfoil 
reflect CPA mission specifications and requirements. 
understanding the unusual design c o n d i  t i  o n s ,  the f 01 1 owing fundamental  
specifications were used from the CPA project: 

As background for 

o Aspect Ratio: 21.6 o Loiter Altitude: 5,000 ft 
o Wing Area: 6000 ft2 
o Span: 360 ft o Engine(s) type: turboprop 

o 145 kt endurance speed 

SPANWISE LIFT DISTRIBUTION 

STATION SELECTED 

I 

Figure 2 illustrates the high aspect ratio wing planform used for the 
CPA configuration and the design span loading f o r  this wing geometry. 
design study chose to formulate an airfoil for an outboard wing section 
(~1=0.80) since this station represented the maximum required lift coefficient, 
and therefore was the critical airfoil for this loiter-design wing. The span 
loading curve integrates to a total airplane lift coefficient of 1.3. 

This 

WING PLANFORM AND SPANWISE LOADING 

PLANFORM - 
ASPECT RATIO: 21.6 

AIRPLANE DESIGN LIFT COEFFICIENT: 1.3 

Cl  

Figure 2. 
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AIRFOIL D E S I G N  REQUIREMENTS 

Aspect Ra t io  and minimum drag c o e f f i c i e n t  ( C o o )  are well-known t o  have a 
s i g n i f i c a n t  e f f e c t  on both the  endurance parameter ( C L ~ / ~ / C O ) M A X  and the  l i f t  
c o e f f i c i e n t  a t  which the  maximum endurance parameter i s  reached. 
endurance improvement and the  impor tant  reduc t i on  i n  l i f t  c o e f f i c i e n t  w i t h  
ex ten t  o f  laminar f l o w  as shown i n  F igure 3 ,  prov ided an impetus f o r  ob ta in ing  
as much laminar f l o w  on t he  wing as poss ib le .  

The 

DESIGN LIFT COEFFICIENT FOR ENDURANCE 

1.6 

1.4 
CL @ 

1 .o 

0 .E 

/ 0.0120 cDo 

TH 

10 15 20 25 
ASPECT RATIO 

Figure 3. 
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AIRFOIL DESIGN REQUIREMENTS (CONCLUDED) 

Based on the CPA design specifications, airfoil design criteria were selected. 
These are listed in Figure 4. A total airplane lift coefficient o f  1.3 
resulted in section design and maximum lift coefficients o f  1.5 and 2.2 
respectively at the aforementioned outboard wing station. These values will 
produce a 20 percent stall margin. Well into the design phase it became evident 
that these section coefficients were difficult t o  attain. Thus, a revision to 
section design and maximum lift coefficients of 1.4 and 2.0 was established as 
a more approachable goal. 

A design goal to maximize the extent of laminar flow resulted 
airfoil which would sustain natural laminar flow from L.E. to 
lower surface and from L.E. to 0.3~ on the upper surface. The 
extent was largely dictated by the chord distance required for 
deceleration and pressure recovery. 

n developing an 
. E .  on the 
upper surface 
velocity 

The low endurance speed requirement in combination with a 5000 ft loiter 
altitude, resulted in a design Mach number of 0.22. This low Mach number 
enabled a large thickness ratio (18%) to be used in meeting the high design 
lift coefficient requirement. 

AIRFOIL DESIGN CRITERIA 

0 DESIGN c1=1.4  

0 MAXIMUM Ci=2.0 

0 MAXIMUM THICKNESS = 0.18 C 

0 RN=14x lo6 

MACH NO. = 0.22 

0 LAMINAR FLOW, UPPER SURFACE, L.E. TO 0.3 C 

0 LAMINAR FLOW, LOWER SURFACE, L.E. TO T.E. 

0 NO UPPER SURFACE SEPARATION 

0 REASONABLE STALL CHARACTERISTICS (NON-ABRUPT) 

R E AS0 N AB L E 0 F F -D ES I G N P E R FO R M ANC E 

Figure 4. 

732  

I 



AIRFOIL D E S I G N  PROCESS 

. -  
XfpIC x,/c 0 5  \ .', 1.0 

0 '  .. J 
u 

The airfoil was designed through a "synthesis" or inverse design process 
developed by Boeing. 
inverse airfoil design computer codes to create an airfoil section which can 
attain specified characteristics and achieve reasonable off-design 
performance. This method, briefly described herein, is described more 
comprehensively in Reference 1 along with a discussion o f  the background o f  
the computer codes. 

The process uti 1 izes inverse boundary-layer solution and 

The design process begins with the inverse boundary-layer solution where 
desired boundary-layer characteristics, performance objectives, and constra 
are specified. 
pressure distribution is developed and an airfoil shape is extracted that 
meets the specified requirements. Current computer codes used by Boeing to 
accomplish the two inverse solution processes are: 

A427 

A456 for detailed geometry design and final performance evaluation 

The A427 program has the capability to generate a pressure distribution and 
corresponding "seed" airfoil given a set of boundary-layer characteristics, 
performance goals, and physical constraints. (Figure 5.)  

Through the synthesis process a corresponding viscous flow 

for airfoil pressure distribution design and parametric studies 

(including the effects of separated flow) 

DEFINE AIRFOIL SPECIFICATIONS (X,/C, T.E. Cp, ETC) 

SPECIFY BOUNDARY-LAYER H IN RECOVERY REGION 

DESIGN PRESSURE DISTRIBUTION USING INVERSE BOUNDARY- 

EXTRACT SEED AIRFOIL 

LAYER THEORY (A4271 

XIC SELECT TRAILING 
EDGE PRESSURE 

1 SPECIFY CURVE FOR 
POSITIVE LOWER 
SURFACE LIFT 

REFINE CHARACTERISTICS USING AIRFOIL ANALYSIS AND 
DESIGN CODE (A456) 

nts 

EXTRACT FINAL AIRFOIL GEOMETRY (A456) 

Figure 5. 
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A I R F O I L  D E S I G N  PROCESS ( C O N C L U D E D )  

The Subsonic Airfoil Section System (A456) program is a general purpose 2-D, 
airfoil section analysis and. design program. 
element airfoi 1 forces, moments, and boundary-1 ayer characteristics are 
calculated at various angle o f  attack and flow conditions. 
potenti a1 flow theory, boundary-1 ayer theory, and separated fl ow model i ng 
theory, the airfoil performance was predicted up to and beyond maximum lift. 
In the design mode the airfoil was reshaped to produce a desired pressure 
d i str i but i on. 

In the analysis mode the single 

Through the use of 

Significant tasks involved in the iterative process o f  designing the airfoil 
are summarized in Figure 5. An important program input for designing the 
pressure recovery region i s  the boundary-layer form factor (H) distribution. 
Code A427 contains three forms of H distributions: a constant H, linear- 
increasing H, and exponentially increasing H. 
selected to both maximize lift and soften the stall away from the sharp 
Stratford-type separation produced with a constant H distribution. 

A linear-increasing H was 

At the culmination o f  the design phase, an airfoil had been designed that 
analytically satisfied the required performance, achieved approximately 30 
percent laminar flow on the upper surface, and was structurally practical. 
Figure 6 presents the airfoil contour and shows the amount of camber designed 
into the profile. 
verification effort between Boeing and NASA in which Boeing provided the 2-0 
airfoil and NASA contributed wind tunnel time and personnel at the Langley Low 
Turbulence Pressure Tunnel (LTPT).  

This design phase was followed by a joint testing- 

GENERAL AIRFOIL CONTOUR 

18% THICKNESS RATIO 

0 . 4 1  

R LINE 

0.2 1 

7 34 

I 

x ic 

Figure 6. 



angular settings (excluding the nested position) 
kept to +.003" from the leading edge back to 0.7 c and i-0.006" from 0.75~ to 
the traiTing edge. Surface 
waviness in the chordwise direction was to be no greater than 0.006" in 20". 
To prevent introducing flow disturbances, the airfoil was constructed with a 
minimum of joints or similar discontinuities. 
instrumentation cavities machined into the airfoil from the lower surface and 
the thick web retained to ensure structural rigidity. A thick flush contoured 
cover plate was fitted for bolting into a lower surface recess surrounding the 
two cavities. 
surface discontinuities, 
precautions to maintain the smoothest continuous conto possible. A tang at 
each end of the model was used to attach cirular end pl es, which form part of 
the test section side walls, and in urn, flush mount the model on the left and 
right hand rotating inner drums o f  the pitching mec~anism. 

Contour tolerances were 

A surface finish of 32 or be ter was specified. 

Figure 8 shows the two 

This cover plate and flap cove edges were the only visible 
These mating pieces were manufactured with special 
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Figure 8. 
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INSTRUMENTATION 

I I I  
- ' ' 32.00IN END PLATE 

I 1  
I I  
I I  

Pressure sensing instrumentation consisted of 53 static pressure orifices at one 
spanwise station: 
orifice pattern forward of 0.40~ as shown in Figure 9 was utilized to preserve a 
smooth surface leading up to each forward orifice. 

turbulent transition detection devices. 
(RMS) voltage of each hot-film sensor, in the natural or forced boundary-layer 
transition area of the upper surface, an indication of laminar flow, 
transition, or turbulent flow could be determined. Three types of output 
results were obtained for this test. First, a table of RMS voltage for each 
gage at each angle of attack was recorded. Second, this table was converted 
to integers of 1 to 4 representing the various boundary-layer stages from 
complete laminar through transition to full turbulent flow. Lastly, a plot of 
RMS voltage versus angle of attack fo r  each gage was drawn giving an overall 
record o f  how a specific location changed from laminar to turbulent as angle 
of attack was increased. Ten hot-film gages were mounted flush in a slanted 
spanwise station pattern, covering the area from 0.17~ to 0.44~ on the upper 
airfoil surface, as illustrated in Figure 9. 

32 on the upper surface and 21 on the lower surface. A slanted 

Flush mounted hot-film gages were used as boundary layer laminar-to- 
By monitoring the root mean square 

HOT-FILM SENSOR/STATIC PRESSURE 
ORIFICE LOCATIONS 

HOT-FILM SENSOR 
LOCATIONS 

UPPER SURFACE X/C 

0.17 
020 
023 
026 
0.29 
0.32 
0.35 
0.38 

LSTATIC PRESSURE 0.41 
ORIFICES 0 .u 1 4 ~ P L A N T  1, , 

TANG FOR ATTACHMENT 
INTO END PLATE 

I 

Figure 9. 
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TEST FACILITY 

Two dimensional wind tunnel testing of the high lift/natural laminar 
airfoil was conducted at the NASA-Langley 3 ft x 7.5 Low Turbulence Pressure 
Tunnel (LTPT). This tunnel is designed to operate over a ranqe of tunnel 
pressures from 160 psia to less than 1 psia, thereby Droviding full scale 
Reynolds number testing capability. 
capability o f  0.46 Mach at 1 atm to 0.25 Mach at approximately a tunnel pressure 
o f  120 psia. 

The 2000 HP drive motor provides a speed 

Besides standard tunnel parameter values (Reynolds number, Mach 
number, angle of attack, etc.) data in coefficient form (C1, cd, and Cm) were 
obtained within an hour o f  completing a test run with the tunnel's data 
acquisition and data reduction system. Section lift coefficient was 
calculated by integrating the pressure measurements from the 53 static 
orifices located around the airfoil at one spanwise station. Section pitching 
moment coefficient was determined by summing the moments produced by the 
various measured static pressures about the 0.25~ location. 

Section drag coefficient was calculated from wake rake total pressure 
measurements. At each angle of attack, the sting mounted/remotely 
control led/multi-probe rake was moved completely through the airfoil's wake. 
Drag profile plots showing the variation of drag coefficient with height as 
measured by each of the seven total pressure probes were obtained on-line. 
Section drag coefficient was calculated by integrating each of the drag 
profiles and then averaging. 
when the rake's traversing capability was exceeded by a wake depth expanded 
greatly by stall-generated flow separation. 
intensity in a wake with airfoil flow separation at high static pressures was 
a second limitation. 
acquisition at angles of attack beyond initial stall. The tunnel wake rake is 
visible in Figure 7. 

A limitation of the wake rake system was reached 

High loads due to turbulence 

These drag measurement limitations prevented drag data 
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CHORDWISE PRESSURE DISTRIBUTION 

The theoretical chordwise pressure distributions selected to xhieve 
the prescribed extent o f  natural laminar f ow at the design section lift 
coefficient and Reynolds number o f  1.4 and 14 x lo6, respectively, i s  
presented in Figure 10. The upper surface can be divided into four flow 
regions: 
accelerating flow at the design conditions, 3. A forced transition region 
between 0.26 and 0.30c, and 4. A turbulent recovery reqion extending from 
0.30~ to the trailing edge. Note that a partial stagnation pressure recovery 
of about 0.25Cp was designed into the trailing edge area. The entire lower 
surface was designed to produce positive pressures to assist in achieving the 
high design lift coefficient. A continual flow acceleration is maintained 
from the leading edge to about 0.90~ to aid in sustaining laminar flow. 
Figure 10 shows a close agreement over the entire upper and lower surface 
between theory and test data. However, theory does predict somewhat more 
positive pressure on the lower surface than was achieved. 

1. An acceleration region transisting into 2. A laminar roof with 

0 0 TESTDATA 

THEORY (A4561 - 

R N  = 1 4 ~ 1 0 ~  
CI = 1.45 (NOMINAL) =- 

Figure 10. 
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CHORDWISE PRESSURE DISTRIBUTION (CONCLUDED) 

One a i r f o i l  design c r i t e r i o n  was reasonable o f f -des ign  performance. F iu -  
u re  11 presents th ree  chordwise pressure d i s t r i b u t i o n s  descendinq i n  1 i f t  
c o e f f i c i e n t  from the  design case a t  maximum endurance. That t h i s  qoal was 
achieved i n  the  l i f t  component can be seen by no t i nq  the reau la r  chanae i n  
bo th  upper and lower sur face pressure c o e f f i c i e n t  Over the ent i re  chord (figure 11). 
Also note t h a t  a deceleration zone i s  present near the lower surface leading 
edge a t  0.94C1. 
the lower surface i s  n o t  favorable for maintaining laminar flow. 
will become more unfavorable f o r  laminar flow on the lower surface a t  smaller l i f t  
coefficients.  

This characterist ic a l o n g  with a f l a t  pressure coefficient over 
This si tuation 

OFF-DESIGN PRESSURE DISTRIBUTIONS 

-3 4 1  

CP CI = 1.43 (ENDURANCE 

CI = 1.18 

CI = 0.94 

7- .4 .6 .8 

1 r x/c 

Figure 77 .  
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BOUNDARY-LAYER A N A L Y S I S  

The ten hot-film sensors installed in the upper surface from 0 . 1 7 ~  to 
0.44~ were continuously monitored on scopes for signal content and permanent 
records were acquired, such as the two presented in Figure 12 where RMS 
voltage has been plotted as a function of angle o f  attack. 
characterized by an almost zero RMS voltage. 
sharp rise in RMS voltage, a peak, and then a sharp decrease to a level 
indicative of fully turbulent flow. During the initial part o f  transi- 
tion, the signal exhibits a laminar RMS voltage level mixed with bursts; 
in the second part the signal indicates turbulent flow mixed with bursts. 

Laminar flow is 
Transition is registered as a 

Prior to this test, experience level in using hot-film sensors as 
transition detectors was quite low. There was concern about sensor 
reliability, primarily due t o  their small size and fine wire leads. However, 
during the test this instrumentation was found to be trouble-free and rugged. 
If this had been known prior to the test, the lower surface would also have 
been instrumented. 

HOT-FILM RESULTS 

XIC - 0.25 

-+- 0.30 

VOLTS lrmr) 

-8 -4 0 4 8 12 16 20 

WING ANGLE IN DEGREES 

Figure 12. 
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BOUNDARY -LAYER A N A L Y S I S  (CONCLUDED) 

FULLY 

T o,30 

0.10- 
LAMINAR 

-0 0 .  

Figure 13 presents hot-film data showing boundary-layer conditions as 
a function of chord during alpha sweeps at 14x106 and 12x106 Reynolds number. 
The data have been interpreted to establish chordwise extent o f  laminar flow 
and transition to fully developed turbulent flow. 
obtaining laminar flow over the forward 30 percent chord was achieved. 
14x106 RN, the hot-film sensors indicated transition forward movement at 5.3O 
alpha, an angle lower than predicted by theory. Transition forward movement 
was progressively delayed to higher alphas with decreasing Reynolds number. 
At 12x106 RN,  Figure 13 shows that this movement occurs at 6.50 alpha; at 
10x106 RN, it is delayed to 10.5O alpha. 

Note tha-t the goal of 
A t  

9 

0 0 . .  -- 

RUN 6 1 
I 1 1 I I 1 

UPPER SURFACE BOUNDARY-LAYER TRANSITION 

I RN = 12 x lo6 1 

Figure 13. 
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REYNOLDS NUMBER EFFECTS 

Figure14 presents four lift curves obtained over a range o f  Reynolds 
numbers from 5xlOb to 14x106. 
were performed close to the design Mach number of 0.22, the sweep for 14x106 
RN was conducted at 0.09 Mach. 
necessity of relaxing the desired test Mach number to reduce tunnel 
pressurization pumping time. 

Note that whereas three of the pitch sweeps 

This deviation was caused by the practical 

Two characteristics o f  the lift curve can be observed: the decrease 
in lift curve slope with increasing Reynolds number and the decrease in 
maximum lift with increasing RN. An examination o f  chordwise pressure plots 
at 80 alpha revealed higher negative pressure coefficients on the upper 
surface over the aft 80 percent chord at successively lower Reynolds number. 
A t  each test Reynolds number the stall was abrupt. 

Measurement of an accurate maximum lift in a 2-0 tunnel is a 
recognized problem due to boundary layer on the tunnel walls. During initial 
test runs, the impact of wall slot blowing using two blowing slots built into 
the model end plates (one forward and the second at 0.60~) was examined. 
Blowing did clean up initial flow separation in the corners between the aft 
wing surface and tunnel side walls, but only increased s t a l l  angle by 0 . 7 O  
before stall occurred evenly across the span. 
modest improvement in stall angle and did not reduce stall abruptness, a 
decision was made t o  leave out slot blowing t o  materially reduce test time. 

Since blowing only provided a 

REYNOLDS NUMBER EFFECT ON LIFT CURVE 

SYM RUN MACH fi 
0 1 026 5x106 
0 6 022 1 0 ~ 1 0 ~  

A loa121 0 0 9  1 4 ~ 1 0 ~  
0 6 1  0 2 2  12" 106 

ALPHA-DEG 

Figure 74. 
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REYNOLDS NUMBER EFFECTS (CONCLUDED) 

2 . 0 4  

1.8- 

1.6- 

1.4- 

1.2- 

1.0- 

.8 - 

.6 - 

.4 - 

Figure 15 presents the companion drag polars t o  the Figure 14 lift 
curves. 
coefficients from endurance levels down to the lowest test values, which is 
indicative of satisfactory off-design performance. Note the increase in drag 
at endurance level lift coefficients of 1.48 with 1 2 ~ 1 0 ~  Reynolds number, for 
example. The departure in polar shape coincides with the forward movement in 
upper surface boundary-layer transition previou ly shown in Figure 13.  At 4 O  

theory which includes laminar flow over the initial 30 percent of the upper 
surface and over almost the entire lower surface. 
RN was a concern because it suggested premature transition on the lower 
surf ace. 

The polars generally exhibit a flat drag over a range o f  lift 

alpha, the drag level for both 1 0 ~ 1 0 ~  and 12x10 2 RN curves closely match 

The drag increase at 14x106 

REYNOLDS NUMBER EFFECT ON DRAG POLAR 

CI 

WAKE RAKE POSITION: 
SPAN CENTERLINE 

0 6.1 0.22 12 x lo6 
A 10 0.09 14x lo6  "1 

- 0 .004 ,008 .012 .016 .020 .024 .028 

cd 

Figure 15. 
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LIFT AND DRAG COMPARISON WITH THEORY 

0 12 -600 

NOTE: a = 4O ALL CONDITIONS 

The importance of properly locating instrumentation, and the care that 
must be taken in testing laminar-flow airfoils is illustrated in Figure 16. 
Two runs, increasing Reynolds number at a constant alpha of 40, were performed 
to investigate the unexpected high drag at 14x106 RN and to obtain data for 
comparisons with theory. Upon examining the model it was observed that the 
wake rake was positioned behind the lower surface instrumentation cover plate 
during rake traverses. It was postulated that the access door with its edges 
and filled bolt head holes could trigger a premature transition on the lower 
surface. 
different spanwise locations: behind the access door at the span centerline 
and the right hand side. Results presented in Figure 16 show two levels of 
drag. The lower drag level agrees with theory which includes the design goal 
of laminar-flow extent. 
door, is consistent with a premise of turbulent flow being present over the 
entire lower surface. Test data shows that laminar-flow design goal could be 
maintained up to a Reynolds number of 18x106 at an alpha of 4O. 

During the two RN runs, the wake rake was positioned at two 

The higher drag level, measured behind the access 

COMPARISON OF DRAG WITH THEORY 
VARYING REYNOLDS NUMBER 

r 0.012 

0.010 

0.008 

cd 

0.006 

0.002 O ’ I  

\ 
RAKE BEHIND - 
ACCESS DOOR 

TRANSITION 
UPPER SURFACE 0.30~ 
LOWER SURFACE 0 . k  

PREDICTION 

MACH = 0.10 

TRANSITION 
UPPER SURFACE 0 . 3 0 ~  
LOWER SURFACE FREE 
TRANSITION 

Figure 16. 

745 



L I F T  AND DRAG COMPARISON WITH THEORY (CONTINUED) 

The variation of drag with angle of attack at 14x106 Reynolds number, 
presented in Figure 17, shows that drag measured on the right hand side of the 
model (and not behind the access door) matches theory at angles of attack 
corresponding to endurance and cruise lift coefficients. A moderate drag 
increase above theoretical values occurred at 0' to 2" alpha. 
is probably a result of pressure gradients developing on the lower surface 
that are unfavorable for sustaining laminar flow. 
previously noted in discussing Figure 11 which presented off-design chordwise 
pressure distributions. 

The increase 

This possibility was 

The drag departure from theory at 7 O  alpha, which should include a drag 
increment from upper surface transition forward movement, is in conflict with 
hot-film data presented in Figure 13 and shows transition forward movement 
occurring at 5.3O alpha. 
film sensors when they are used to detect boundary-layer transition at larae 
values o f  Reynolds number per foot. 
in the sensor installation could produce erroneous s i g n a l s .  

A question has been raised as to the validity of hot 

The problem is that physical imperfections 

Data obtained from a trip strips-on run have also been plotted in 
Figure 17 to provide a reference for the drag levels achieved with natural 
laminar flow. These trip strips, installed at .025c upper surface and ,035~ 
lower surface were a dot-type configuration with a thickness determined to be 
only sufficient for tripping the boundary-layer at 14x106 Reynolds number. 
This was verified by comparing measured and predicted drag values. 

COMPARISON OF DRAG POLAR WITH THEORY 

0120- 

0080- 
(A4561 

S Y M  RUN T R I P S T R I P  - -____ 
0 12.1 OFF 
0 10.1 O F F  

0 16 U P R & L W R  

L I 1 I 1 I 

4 -2 0 2 4 6 8 1 0 1 2  
ALPHA ~ OEG 
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LIFT AND DRAG COMPARISON WITH THEORY (CONCLUDED) 

The l i f t  curve acquired a t  14x106 Reynolds number and 0.09 Mach number 
i s  presented i n  Figure 18 and compared w i t h  theory. There i s  some small 
deviation from theory i n  both angle f o r  zero l i f t  and l i f t  curve slope; 
however, the most s ign i f icant  difference between theory and tes t  i s  the s t a l l  
region. Whereas theory predicted a maximum l i f t  coeff ic ient  of 2.0 and a 
gradual s t a l l  w i t h  flow separation gradually progressing forward from the 
t r a i l i n g  edge, t e s t  data  shows a lower maximum l i f t  and a sharp s t a l l .  T h i s  
s t a l l  c h a r a c t e r i s t i c  i s  i l l u s t r a t e d  i n  Figure 19 which presents pre- and post- 
s t a l l  pressure d is t r ibu t ions  obtained a t  14x106 Reynolds number. I n  0.40 o f  
alpha, the a i r f o i l  s t a l l e d  and separated flow has encompassed the a f t  60 per- 
cent of chord. Peak pressures over the forward portion of the a i r f o i l  have 
decreased by 27 percent. Obviously, the a i r f o i l  des ign  method d i d  not 
incorporate the cor rec t  turbulent flow separation mechanism including wake 
modeling and/or d i d  not correct ly  mathematically model the flow condition a t  
the t r a i l i n g  edge. Consequently, the l i n e a r  boundary-layer H d i s t r ibu t ion  
used i n  the pressure recovery region a f t  of 30 percent chord d i d  n o t  provide 
the desired s o f t  s t a l l  f o r  the h i g h l y  cambered 18 percent thick sect ion.  

COMPARISON OF LIFT CURVE WITH THEORY 

/ RUNS 10 & 12.1 
0.09 MACH d’ I 

I 1 I I 1 
4 4 8 12 16 20 

ALPHA- DEG 

Figure 18. 
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CHORDWISE PRESSURE DISTRIBUTIONS: 
P R E-AN D POST-STA L L 

-‘1 I R N  = 1 4 x  106 I 

CP 

Figure 19. 
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LOW TRAILING EDGE FLAP DEFLECTION 

2 0 -  

1 8 -  

1 6 -  

1 4 -  

1 2 -  

6 
1 0 -  

8 -  

6 -  

4 -  

2 -  

A small 12.7 percent chord plain flap operating at low settinqs was pro- 
posed as a means of providing additional stall margin and modifying the wing stall 
pattern while incurring only a small drag penalty at cruise lift coefficients. 
The flap was designed to minimize contour deviations at both upper and lower 
flap cove trailing edges. The resultant small cavities were filled in for the 
zero flap angle testing. Figure 20 presents a comparison of flaps up and 5O 
flap data for 14x10 Reynolds number. The lift curves show the flap produces a 
consistent lift increment, varying from 0.21 hC1 at Oo alpha to 0.12 Ac] at 
stall. The maximum lift coefficient of 2.0 matches the design goal; however, 
the stall character did not deviate from the sharp stall recorded by the flaps 
up configuration. 

deflection exhibits only a small variation in drag from the lowest angle of 
attack tested up to the design lift coefficient of 1.4. At this lift 
coefficient, the drag increment for the flap is 15 drag counts, which is 
attributed to a reduction in laminar flow on the lower surface. This 
reasoning followed an examination of hot-film sensor data. 
transition to turbulent flow occurred aft of 0.32~. 
runs, the 5O flap polar shows a smooth, continuous and non-abrupt drag 
variation from 1.5 C1 up to stall where a typical large drag increase 
occurred. 

Figure 20 also shows that the drag polar obtained with 5O of flap 

At 1.4C1 
Unlike data from flaps up 

SVM RUN MACH FLAPS 

0 1 0 1 & 1 2 1  09 - 
t3 17 11 50 

0 7 ,  I , ,  , , , 

LIFT AND DRAG CHARACTERISTICS WITH 5O OF FLAP 
RN = 14x106 

2 0 -  

MACH F L A B  

0 10.1 & 121 .09 - 
11 50 

4 2 0 2 4 6 8 1 0 1 2  
ALPHA. ldegl 

WAKE RAKE POSITION 
= 600. RIGHT SIDE 

Figure 20. 
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CONCLUSIONS 

Although limitr: of applicability of the design tools were pushed 
severely, the theoretically designed airfoil came very close to meeting the 
design goals. The predicted extent of natural laminar flow (over the forward 
0 . 3 ~  of the upper surface and over almost the entire lower surface) was 
obtained at the design goals of 1.4 C1 and 14x106 Reynolds number, good off- 
design airfoil performance was achieved at all tested lift coefficients below 
the endurance level, and a small plain flap at a low deflection can be used t o  
improve stall margin for only a small drag penalty at cruise and endurance 
lift coefficients (Fiqure 21). 

The major shortcoming o f  the computer codes was an inability to 
correctly model the stall character. Unlike theory that predicted a gradual 
stall with flow separation moving slowly forward from the trailing edge, test 
data showed a sharp stall with flow separation rapidly moving forward from 
the trailing edge up to 0.40~. 
stall angle, which resulted in a lower than predicted maximum lift 
coefficient. 
not mathematically model the correct flow separation mechanism for the type of 
thick airfoil tested. Additional airfoil analysis work is being performed 
with a revised A456 program, namely a modified wake-modeling procedure, to 
investigate stall predictions for the high camber/large thickness ratio class 
o f  airfoil. 
earlier than predicted. The combination of a high design C1 and large 
Reynolds number did stretch the capability of the current airfoil design 
computer codes, and/or possibly the larpe test RM/ft created a problem. 

This stall occurred at a lower than predicted 

It is evident the current inverse airfoil design process does 

Data also showed that transition on the upper surface occurred 

0 THE PREDICTED EXTENT OF NATURAL LAMINAR FLOW WAS 
ACHIEVED A T  THE DESIGN GOALS OF 1.4 CI AND 14x106 RN 

GOOD OFF-DESIGN AIRFOIL PERFORMANCE IS AVAILABLE 
OVER A WIDE RANGE OF LIFT COEFFICIENTS 

A SMALL PLAIN FLAP A T  5 O  CAN IMPROVE STALL MARGIN 
WITHOUT INCURRING MORE THAN A SMALL ENDURANCE 
DRAG PENALTY 

THE AIRFOIL DESIGN PROCESS DID  NOT CORRECTLY MODEL 
STALL CHARACTER 

Figure 2 I. 
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VSTFE GLOVE TEST AND REDESIGN 

The App l ied  Aerodynamics Group has been i n v o l v e d  i n  design e f f o r t s  
suppor t ing  t h e  F-14 Var i  ab1 e-Sweep T r a n s i t i o n  F1 i g h t  Experiment (VSTFE) . 
The VSTFE was fo rmula ted  between NASA Ames-Dryden and NASA Langley Research 
Center t o  e s t a b l i s h  a data base on the  e f f e c t s  o f  the i n t e r a c t i o n  between 
c ross  f l o w  (CF) and T o l l m i e n - S c h l i c h t i n g  (TS) i n s t a b i l i t i e s  on boundary- layer 
t r a n s i t i o n  u t i l i z i n g  the  F-14 a i r c r a f t  as a t e s t  bed. 
i n v o l v e d  m o d i f y i n g  the  F-14 wing outer-panel  such t h a t  f a v o r a b l e  pressure 
g r a d i e n t s  c o u l d  be generated over a wide range o f  f l i g h t  c o n d i t i o n s .  

The design e f f o r t  

Background i n f o r m a t i o n  re1  a t i  ng t o  t h e  i n i  ti a1 computat ional  g love  
des ign w i l l  be presented. The i n i t i a l  design r e l i e d  e x t e n s i v e l y  on both 
two- and three-dimensional  t r a n s o n i c  a n a l y s i s  methods a p p l i e d  i n  a " c u t -  
and-try ' '  manner. The i n i t i a l  design was t e s t e d  i n  the Nat iona l  Transonic 
Fac i  1 i ty  (NTF) a1 ong w i t h  t h e  base1 i n e  F-14 t o  v e r i  f y  t h e  g l  ove design and t o  
o b t a i n  data suppor t ing  s a f e t y  o f  f l i g h t  issues. 
a v a i l a b l e  f rom t h e  NTF t e s t  a d e c i s i o n  was made t o  redesign t h e  inboard  
r e g i o n  o f  the g love t o  inc rease the  envelope over which usable f l i g h t  data 
c o u l d  be o b t a i  ned. The redesign process and two- and three-dimensional  
r e s u l t s  f rom the  redesign e f f o r t  w i l l  be presented. F i n a l l y ,  a summary o f  
the  design and t e s t  r e s u l t s  t o  date w i l l  be presented a long w i t h  t h e  s t a t u s  
o f  the  f l i g h t  experiment. 

Based on the  pressure data 

* BACKGROUND 

* NTF TEST RESULTS 

* REDESIGN PROCESS 

* RESULTS FROM REDESIGN EFFORT 

* SUMMARY AND STATUS 

754 



F-14 VARIABLE SWEEP FLIGHT EXPERIMENT 

An impor tant  quest ion t h a t  must be answered i n  order t o  design wings 
which e f f e c t i v e l y  u t i l i z e  NLF r e l a t e s  t o  boundary-layer t r a n s i t i o n .  It i s  
known t h a t  f o r  boundary l aye rs  i n  a three-dimensional f low environment, 
there i s  an i n t e r a c t i o n  between cross f low (CF) and To l lm ien-Sch l ich t ing  
(TS) i n s t a b i l i t i e s  t h a t  can cause t r a n s i t i o n  t o  occur i n  an otherwise 
favorab le  environment ( i .e. ,  favorable pressure gradient ,  smooth surface, 
e t c . ) ,  Hanks, 1984. I n  order t o  a s s i s t  i n  i d e n t i f y i n g  and q u a n t i f y i n g  the  
i n f l uence  o f  the CF-TS i n t e r a c t i o n  on wing-boundary-layer t rans1 t i o n ,  data 
a re  needed f o r  var ious combinations o f  favorable pressure gradients,  Rey- 
nolds numbers, and sweep angles. Th is  i s  the ob jec t i ve  o f  the VSTFE. The 
F-14 a i r c r a f t  was se lected as the t e s t  bed a i r c r a f t  because o f  i t s  v a r i a b l e  
sweep c a p a b i l i t y ,  which would a l low data t o  be taken over a wide range o f  
sweep angles. 

Objective: Obtain accurate i n - f l i gh t  measurement of boundary - 
layer t rans i t i on  location for  wing pressure d is t r ibut ions,  
sweep angles, and f l i gh t  condi t ions representative of 
f u t u r e  la mi  nar-f low t r a  nsport  a i r  craft. 

Objective: Obtain accurate i n - f l i gh t  measurement of boundary - 
layer t rans i t i on  location for  wing pressure d is t r ibut ions,  
sweep angles, and f l i gh t  condi t ions representative of 
f u t u r e  la mi  nar-f low t r a  nsport  a i r  craft. 

XI c 
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APPROACH 

The approach o f  t h i s  f l i g h t  experiment i s  t o  modify the wing ou ter  
panel by g lov ing  on a foam and f i b e r g l a s s  contour so t h a t  favorable pres- 
sure gradients  w i l l  be generated over a range o f  Mach numbers, sweep 
angles, and Reynol ds numbers. Two d i  f f e r e n t  gloves were designed which 
correspond t o  an M = 0.70 and M = 0.80 design cond i t ion .  NASA Langley was 
responsib le  f o r  the M = 0.70 glove design, and Boeing A i r c r a f t  Company was 
responsib le  f o r  the M = 0.80 glove design. Both gloves were t o  be f lown 
simultaneously, one on each wing o f  the F-14, r e s u l t i n g  i n  an asymmetric 
conf igura t ion .  Hence, a maximum c o n s t r a i n t  on the r o l l i n g  moment because o f  
t he  asymmetric con f igu ra t i on  was imposed on the design. 

Glove Layout 
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PROJECT PLAN 

The p r o j e c t  can be considered t o  cons is t  o f  f o u r  phases: f l i g h t  t e s t  
o f  the "clean-up" glove, design o f  M = 0.7 and M = 0.8 gloves, wind tunnel 
t e s t i n g  o f  base l ine  and glove conf igura t ion ,  and f l i g h t  t e s t  o f  the glove 
con f igu ra t i on .  The "clean-up" glove corresponds t o  the contours o f  the 
bas ic  F-14 wing. It was b u i l t  up o f  foam and f i b e r g l a s s  and i n s t a l l e d  on 
the  ou ter  panel t o  demonstrate t h a t  acceptable to lerances cou ld  be main- 
t a ined  i n  the f a b r i c a t i o n  process and t o  ob ta in  pressure and boundary-layer 
measurements i n  the f l i g h t  environment. 

Concurrent w i t h  the "clean-up" glove f l i g h t  t es ts ,  two gloves were 
designed f o r  M = 0.7 and M = 0.8 design po in ts .  
t h a t  a neut ra l  t o  s l i g h t l y  favorable pressure grad ien t  was generated on the  
glove upper sur face a t  the maximum t e s t  a l t i t u d e ,  35,000 fee t ,  f o r  1 "g" 
f l  i ght  cond i t ions .  Thi  s a1 1 owed more favorab le  gradients  t o  be obta ined 
f o r  1 "g" cond i t ions  a t  lower a l t i t u d e s .  

The gloves were designed such 

The designs and the base l ine  F-14 con f igu ra t i on  were then t o  be t e s t e d  
i n  the  NTF. 
t i o n  o f  changes i n  the performance and f l y i n g  q u a l i t i e s  o f  the  mod i f ied  
c o n f i g u r a t i o n  r e l a t i v e  t o  the base l ine  F-14. A d d i t i o n a l l y ,  i f  any adverse 
e f f e c t s  were discovered dur ing  the data analys is ,  t ime would be a v a i l a b l e  
t o  modify the designs before the VSTFE c o n f i g u r a t i o n  was t o  be f l i g h t  
tested.  

The t e s t  would a l low a v e r i f i c a t i o n  o f  the designs and determina- 

I n i t i a l l y ,  both gloves were t o  be f l i g h t  tes ted  simultaneously on the  
F-14. However, the  a v a i l a b i l i t y  o f  the test -bed a i r c r a f t  precluded the  
m o d i f i c a t i o n  o f  both wing panels and complet ion o f  the f l i g h t  t e s t  program. 
Based on the computational ana lys is  and wind tunnel pressure data a v a i l a b l e  
f o r  each o f  the designs, a dec is ion  was made t o  l i m i t  the f l i g h t  t e s t  t o  the 
M = 0.7 design. 

The f i n a l  phase o f  the program i s  t o  i n s t a l l  the glove design on the 
wing panel, perform the  f l i g h t  t es t i ng ,  and analyze the data. Th is  i s  t he  
on ly  phase remaining t o  be completed. 

* Fly "Clean-up" Glove 

* Design gloves for M=0.7 and M=0.8 
design points 

* Conduct wind tunnel test  on baseline 
and modified configurations 

* Fly modified Configuration 
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COMPARISON OF FLIGHT TEST AND COMPUTATIONS 

A f l i g h t  t e s t  o f  the  F-14 was conducted t o  exp lo re  the t e s t  envelope 
f o r  t h e  VSTFE and t o  o b t a i n  wing pressure data on the bas ic  a i r c r a f t  (Moes 
and Meyer, 1985). From these data, f o u r  f l i g h t  p o i n t s  were designated t o  be 
o f  pr imary i n t e r e s t .  
f l i g h t  envelope f o r  t h e  VSTFE, and the remain ing p o i n t  i s  an i n t e r m e d i a t e  
f l i g h t  c o n d i t i o n .  

Three o f  the p o i n t s  correspond t o  corners o f  t h e  

Analyses were made i n  the  WBPPW (Boppe and Stern,  1980) and TAWFIVE 
(Melson and S t r e e t t ,  1983) codes a t  the  f l i g h t  Mach number and measured 
angle o f  a t t a c k  (Waggoner, e t  a l . ,  1985). O v e r a l l ,  the  comparisons are 
q u i t e  good. Several observat ions need t o  be made concerning the compari- 
sons. F i r s t ,  the  f l i g h t  data showed a f l o w  expansion a t  the  l e a d i n g  edge 
f o l l o w e d  by a compression t h a t  n e i t h e r  code pred ic ted .  
p o s s i b l y  t h e  leading-edge s l a t  d e f l e c t e d  under load. 
correspondi  ng t o  f 1 i g h t  1 oads conf  i rmed t h i  s .  
leading-edge expansions between t h e  two codes are c o n s i s t e n t  w i t h  the  code 
fo rmula t ions .  Shock r e s o l u t i o n  i s  much b e t t e r  i n  the WBPPLl code r e s u l t s  
because o f  the denser g r i d  i n  t h a t  r e g i o n  as compared t o  the TAWFIVE code. 
A d d i t i o n a l l y ,  t h e  TAWFIVE code uses conserva t ive  d i f f e r e n c i n g  where WBPPW 
uses nonconservat i  ve d i f f e r e n c i n g ,  which accounts f o r  t h e  discrepancy i n  
shock 1 o c a t i  on. 

T h i s  i n d i c a t e d  t h a t  
S t a t i c  l o a d i n g  

The d i  f fe rences  seen i n 
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DESIGN CONSTRAINTS 

The phys ica l  cons t ra in t s  on the mod i f i ca t i ons  
program. The f i n a l  cons t ra in t s  and suppor t ing r a t  

evol  ved w 
onale are 

t h  the des 
as fo l l ows  

* The upper surface cou ld  be mod i f ied  from the lead ing  edge t o  the  
s p o i l e r  h inge l i n e  (x /c  = 0.60) s ince the s p o i l e r s  are used f o r  
low-speed r o l l  c o n t r o l .  Mod i f i ca t i ons  on the lower surface were 
l i m i t e d  t o  the f i r s t  10-percent chord because o f  the glove 
f a b r i c a t i o n  method. 

* The thickness o f  the glove a t  the s p o i l e r  hinge l i n e  must be l ess  
than 1.0 inch.  Th is  c o n s t r a i n t  was imposed t o  ensure s p o i l e r  
e f fec t i veness .  For  reference, the wing mean chord i s  105.66 inches. 

* The thickness o f  the glove was requ i red  t o  be a minimum o f  0.65 
inches. This  c o n s t r a i n t  was requ i red  t o  minimize the p o s s i b i l i t y  o f  
the  1 eadi ng-edge s l  a t  d e f l e c t i n g  under 1 oad. 

* The r o l l i n g  moment r e s u l t i n g  from the asymmetric con f igu ra t i on  was 
requ i red  t o  be l e s s  than 0.01 over the f l i g h t  t e s t  envelope. Th is  
l e v e l  o f  r o l l i n g  moment could be counteracted by t a i l  de f l ec t i on ,  
a l l ow ing  the s p o i l e r s  t o  remain undef lected dur ing  the t e s t  
p o r t i o n s  o f  the f l i g h t .  

0 Upper surface modification 
0 .02  x / c S 0 . 6 0  - 

Lower surface modification 
0 .02 X l C 2  0.10 

Increment  a t  spoiler h inge l i ne  less t h a n  1.0 i n c h  

Increment  over glove region a m i n i m u m  of 0.65 inches 

Differential ro l l i ng  moment less t h a n  0.01 
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DESIGN AIRFOIL MEETING FINAL CONSTRAINTS 

The design p o i n t  se lected corresponded t o  a "worst case'' cond i t i on  f o r  
the targeted Mach number (M  = 0.70). Th is  cond i t ion  corresponded t o  the 
h ighes t  a l t i t u d e ,  hence the l a r g e s t  l i f t  c o e f f i c i e n t  f o r  1-g f l i g h t .  
sect ional  contours could be modi f ied such t h a t  a s l i g h t l y  favorable gra- 
d i e n t  could be generated from the  leading edge t o  the midchord reg ion a t  
t h i s  condi t ion,  then a t  lower a l t i t u d e s  there would be an even more favor- 
ab le pressure gradient .  F i ve  de f i n ing  s ta t i ons  were chosen t o  be recon- 
toured us ing l i n e a r  l o f t i n g  between de f in ing  s ta t ions .  
responded t o  the inboard and outboard ex ten t  o f  the glove and th ree  interme- 
d i a t e  de f i n ing  s ta t ions .  With two-dimensional analys is  and design procedures, 
upper surface contours were def ined which met the aerodynamic and phys ica l  
cons t ra in t s  f o r  each de f i n ing  s ta t i on .  A favorable pressure gradient  was 
observed from the leading edge t o  about midchord over a range o f  l i f t  coef-  
f i c i e n t s  on the design a i r f o i l .  

I f  the  

These s ta t i ons  cor- 

-1.0 

-0.5 

c P  

0.0 

0.5 

1.0 

pan station 200 
M=O. 70 Rn=20.0 million 
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THREE-DIMENSIONAL ANALYSIS OF GLOVE DESIGN 

F i n a l  computational v e r i f i c a t i o n  o f  the design was r e a l i z e d  by analyz- 

Results show t h a t  the design ob jec t ives  were met over 

Presented below are the r e s u l t s  f o r  the h igh a l t i t u d e  case a t  

i n g  the e n t i r e  con f igu ra t i on  (fuselage, nacel les, strake, and outer  panel 1 
i n  the  TAWFIYE code. 
the  range o f  l i f t  c o e f f i c i e n t s  corresponding t o  the a1 ti tudes o f  i n t e r e s t  
a t  M = 0.70. 
the  design Mach number. The r e s u l t s  show a neut ra l  pressure grad ien t  on 
the  upper surface a t  the most inboard span s t a t i o n  and s l i g h t l y  favorable 
pressure gradients  a t  the two outboard span s ta t ions .  

STA. 201 STA. 268 STA. 318 

x/c x/c x/c 
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CALCULATED N-FACTORS FOR THE ORIGINAL GLOVE DESIGN 

Boundary-1 ayer d is tu rbance growth was analyzed u s i n g  the  method o f  
Mack, 1979. 
assess i t s  o p e r a t i n g  range and usefu lness i n  o b t a i n i n g  t r a n s i t i o n  data 
(Rozendaal , 1986). The c o n d i t i o n s  were: 

The M = 0.7 g love  design was analyzed a t  t h r e e  c o n d i t i o n s  t o  

a. Level  f l i g h t ,  M = 0.7, 25,000 f e e t  
b. Level  f l i g h t ,  M = 0.7, 35,000 f e e t  
c. Level  f l i g h t ,  M = 0.8, 35,000 f e e t  

The data show t h a t  f o r  the  t h r e e  c o n d i t i o n s  a wide v a r i a t i o n  i n  CF and 
TS N- fac tors  i s  a v a i l a b l e .  
predominance o f  TS growth a t  low CF N- fac tors .  
design Mach number, t h e  g love  produces moderate growth in t h e  CF i n s t a b i l -  
i t y  mode and r a p i d  growth i n  the  TS mode. 
i s  most n o t i c e a b l e  i n  t h e  CF mode. These data i n d i c a t e  the  range o f  i n s t a -  
b i l i t y  i n t e r a c t i o n s  a v a i l a b l e  f rom t h e  M = 0.7 g love design pressure d i s t r i -  
bu t ions .  

Near i t s  design p o i n t  t h e  g love  shows a 
A t  lower  a l t i t u d e s  a t  the  

A t  M = 0.8, the  i n s t a b i l i t y  growth 

TS 

SWEEP = 18' 

l o r  

.5a 
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NTF WIND TUNNEL TEST 

A f t e r  t h e  designs were completed, t h e  g love designs and the  F-14 base- 
l i n e  c o n f i g u r a t i o n  were t e s t e d  i n  t h e  NTF. 
t i v e s  f o r  t h e  t e s t  e n t r y .  The f i r s t  was t o  determine the  incrementa l  
changes i n  the  performance and f l y i n g  q u a l i t i e s  o f  the  VSTFE c o n f i g u r a t i o n  
r e l a t i v e  t o  t h e  base l ine .  T h i s  i n v o l v e d  comparing performance and s t a b i l -  
i t y  and c o n t r o l  data on each c o n f i g u r a t i o n  over t h e  a n t i c i p a t e d  f l i g h t  t e s t  
envelope. Two areas o f  s i g n i f i c a n t  i n t e r e s t  were the  l e v e l s  o f  r o l l i n g  
moment generated on t h e  asymmetric VSTFE g loved c o n f i g u r a t i o n  and maximum 
l i f t  generated a t  approach speeds. Ana lys is  o f  the  data i n d i c a t e d  t h a t  t h e  
increments between t h e  two c o n f i g u r a t i o n s  were minimal.  

There were two pr imary  ob jec-  

The second o b j e c t i v e  was t o  v e r i f y  the  computat ional  designs. The 
g love  designs had pressures a v a i l a b l e  a t  l o c a t i o n s  corresponding t o  the  
f l i g h t  t e s t  i n s t r u m e n t a t i o n .  The exper imental  pressures c o u l d  be compared 
t o  t h e  computat ional  p r e d i c t i o n s  a t  these l o c a t i o n s .  Any d iscrepanc ies  
between t h e  computed and exper imenta l  pressures c o u l d  then be assessed and 
r e s o l  ved i f  necessary. 

OBJECTIVES: 
* SAFETY OF FLIGHT-INCREMENTAL CHANGES 

* Performance 
* Stability and Control 
* R o l l i n g  M o m e n t  
* CL at A p p r o a c h  Speeds 

MAX 
* VERIFICATION OF COMPUTATIONAL PREDICTIONS 

ENVELOPE: 
* M = 0.2-0.9 
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COMPARISON OF THEORETICAL AND EXPERIMENTAL PRESSURE 
DISTRIBUTIONS AT M = 0.7 

Experimental wing pressure d i s t r i b u t i o n s  f o r  the o r i g i n a l  glove are 
compared w i t h  t h e o r e t i c a l  r e s u l t s  from the TAWFIVE 3-D t ransonic  code i n  
the  f i gu re  below. The Mach number o f  0.7 and angle o f  a t tack o f  2.95 
degrees represent  the high-a1 ti tude, l e v e l  - f l  i g h t  design cond i t i on  f o r  t he  
f l i g h t  experiment. 
t a l  angle o f  a t tack .  While the o v e r a l l  c o r r e l a t i o n  was good, the suc t ion  
peak and the s l i g h t  adverse pressure gradient  t h a t  occur near the lead ing  
edge i n  the experimental data were no t  predic ted.  
t i a l  f low c a l c u l a t i o n s  w i t h  experimental data i t  i s  found t h a t  the codes 
underpredic t  the  l i f t l e v e l s  and must be run a t  an angle o f  a t tack  s l i g h t l y  
h igher  than the  experiment t o  achieve good c o r r e l a t i o n .  Therefore, addi- 
t i o n a l  ca l cu la t i ons  were made with the angle of a t tack increased t o  3.25 
degrees. These r e s u l t s  more c lose ly  matched the  experimental pressure l e v e l s  
and gradients  near the lead ing  edge, so t h i s  angle of a t tack  was chose f o r  
any f u r t h e r  a n a l y t i c a l  o r  design work. I t  i s  i n t e r e s t i n g  t o  note t h a t  
the theory and experiment matched f a i r l y  we l l  a f t  of 58 percent  chord where 
the glove ended ab rup t l y  i n  an a f t - f a c i n g  step on the wind tunnel model, b u t  
was smoothly f a i r e d  i n t o  the bas ic  wing f o r  the computations. 

The ana lys is  code was f i r s t  run matching the experimen- 

Often i n  comparing poten- 

0 EXP. Ct = 2.95' 

- - -  THEORY C t =  2.95' 

- THEORY a =  3.25'  

0 .2  .4 .6 .8 1.0 

x/c 

STA. 201 

-1.6 

-1.2 

-.8 

-.4 

CP 
0 

.4 

.a 

1.2 
0 .2 .4 .6 .8 1.0 

x/c 

STA. 268 

0 .2 .4 .6 .8 1.0 

x/c 

STA. 318 
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THEORETICAL PRESSURE DISTRIBUTION AT STATION 134 

The original p l a n  for instrumentation on the glove had pressure ori- 
f ice  rows located a t  span stations 200, 260, and 320. I t  was decided t h a t  
an additional row o f  orifices should be installed a t  station 160 t o  take 
advantage of the larger chord (and thus larger Reynolds numbers) i n  this 
region as well as t o  provide a more complete description of the glove pres- 
sures. The experimental pressure da ta  indicated t h a t  the upper surface 
pressure distributions a t  the inboard stations were slightly more adverse 
t h a n  the relatively f l a t  distributions of the outboard stations due t o  the 
increased upwash from the strake. If  this trend continued for the stations 
inboard of 200, the original glove design would probably not allow any sig- 
nif icant  transition location data  t o  be obtained i n  this region. Since the 
wind tunnel model d i d  n o t  have any instrumentation i n  this area of the 
g l  ove, computational resul t s  were used t o  eval uate this concern. 

The calculated pressure distribution for station 134 near the inboard 
edge of the glove i s  shown i n  the figure below. 
edge peak i s  present, and the following adverse gradient would probably 
cause the laminar flow t o  undergo transition t o  t u r b u l e n t  flow very 
rapidly. 
flow a t  station 160, a redesign effort for the inboard portion of the 
g l  ove was i n i  t i  ated. 

A fairly strong leading- 

Since early transition a t  this station could contaminate the 

M = 0.7 a -3.25 

x/c ' 
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INBOARD GLOVE REGION M O D I F I C A T I O N  

Based on the NTF t e s t  r e s u l t s  and the good c o r r e l a t i o n  o f  the theore t -  
i c a l  and experimental data, i t  was f e l t  t h a t  some very usefu l  data could be 
obtained on the inboard p o r t i o n  o f  the glove i f  the o r i g i n a l  design con- 
s t r a i n t s  were re laxed t o  a l low some add i t i ona l  design work. The ob jec t i ve  
o f  the new design was t o  e l im ina te  the adverse gradient  over the inboard 
p a r t  o f  the glove so t h a t  the e n t i r e  upper surface of  the glove would have 
a favorabl  e- to-neutra l  pressure grad ien t  i n  the 1 eading-edge reg ion  a t  the  
h igh  a l t i t u d e ,  M = 0.7 design po in t .  
i t y  t o  v e r i f y  a new design i n  the wind tunnel due t o  t ime cons t ra in ts ,  i t  
was decided t o  modify on ly  the reg ion  o f  the glove inboard o f  s t a t i o n  200. 

Since there would no t  be an opportun- 

I n  order  t o  reduce the leading-edge pressure peak, the lead ing  edge o f  
the glove had t o  be drooped f o r  b e t t e r  alignment i n t o  the oncoming f low. 
This  necess i ta ted r e l a x i n g  several o f  the design cons t ra in t s  i n  t h i s  
region. The glove overhang reg ion  was extended t o  4 inches ahead o f  the 
bas ic  wing lead ing  edge and the minimum al lowable glove thickness was 
reduced t o  0.25 inches t o  enable the drooped sect ions t o  f i t  over the 
e x i s t i n g  wing. The match p o i n t  f o r  the glove t o  f a i r  i n t o  the lower sur-  
face was a lso  extended t o  30 percent chord t o  minimize any concavi ty t h a t  
might  occur. 

OBJECTIVE: 
* Remove adverse pressure gradient in leading 

edge region over entire glove at high altitude, 
M = 0.7 design point 

CONSTRAINTS: 
* Minimal change to tested geometry 

* Overhang region extended to 4 inches 

* Minimum thickness relaxed to 0.25 inch inboard 
of span station 200 

* Lower surface modification extended to 30% chord 
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REDESIGN PROCESS 

The redesign o f  the inboard glove reg ion  u t i l i z e d  a three-step 
approach. 
droop d i s t r i b u t i o n s ,  us ing  the NYU a i r f o i l  code (Bauer, e t  a l . ,  1975) t o  
c a l c u l a t e  the pressure d i s t r i b u t i o n s .  From t h i s  study, a i r f o i l s  having 
favorab le  gradients  i n  the leading-edge reg ion  wi th  as l i t t l e  d is turbance 
as poss ib le  t o  the r e s t  o f  the pressure d i s t r i b u t i o n  would be selected. 
The second step invo lved modi fy ing these a i r f o i l s  us ing an a i r f o i l  design 
code t o  ob ta in  favorab le  upper sur face pressure gradients  extending from 
the lead ing  edge t o  about midchord and t o  minimize lower surface lead ing  
edge pressure peaks caused by the droop. (The a i r f o i l  design code cou ld  
no t  be used f o r  the droop design s ince a t  t h a t  t ime i t  requ i red  a f i x e d  
lead ing  edge po in t . )  The f i n a l  a i r f o i l s  generated by the design code were 
then evaluated i n  the three-dimensional f l ow  environment us ing the TAWFIVE 
code. Th is  t h i r d  step i n  the process inc luded runs a t  cond i t ions  
throughout the f l i g h t  envelope as we l l  as the design po in t .  

The f i r s t  stage was a parametr ic study o f  leading-edge camber o r  

* Parametric study to define leading-edge 
camber distribution 

* Application of 2-D design code 

* Evaluation with 3 -D analysis code 
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PARAMETRIC STUDY OF CAMBER D I S T R I B U T I O N  

Incremental camber d i s t r i b u t i o n s  were added t o  the leading-edge reg ion  
o f  two a i r f o i l  sect ions from the inboard reg ion o f  the glove. The camber 
d i s t r i b u t i o n  was generated us ing a polynomial equation s i m i l a r  t o  the 
camber equat ion f o r  the NACA four -d i  g i  t a i  r f o i  1 s ,  b u t  modi f i e d  t o  produce 
leading-edge droop and no camber change a t  the match po in t .  The magnitude 
o f  the droop was va r ied  from one t o  four  percent chord. 
nomials were t r i e d :  quadrat ic ,  which matched the ord ina te  o f  the o r i g i n a l  
camber l i n e ;  and cubic,  which matched both the ord ina te  and slope o f  the o r i -  
g ina l  camber l i n e .  The chordwise ex ten t  o f  the droop was a l so  var ied,  up 
t o  a maximum value o f  30 percent chord. 

Two types o f  po ly-  

The r e s u l t s  of t h i s  study i nd i ca ted  t h a t  the fou r  percent droop cases 
gave too s t rong a pressure peak a t  the lead ing  edge on the lower surface 
and j u s t  ahead o f  the match p o i n t  on the upper surface. The one percent  
droop had small d isturbances a t  these loca t ions ,  bu t  the upper surface 
favorable g rad ien t  was f a i r l y  weak and would probably become adverse i n  the 
three-dimensional f l ow  case. The cubic polynomial camber a i r f o i l s  had 
s l i g h t l y  smoother pressure d i s t r i b u t i o n s  than the quadrat ic  camber a i r -  
f o i l s .  The e f f e c t  o f  inc reas ing  the chordwise ex ten t  o f  the droop was t o  
strengthen the  favorab le  g rad ien t  o f  the upper surface wh i le  reducing the  
pressure peak a t  the match po in t .  Based on these resu l t s ,  the a i r f o i l s  
having the two percent cubic camber d i s t r i b u t i o n  extending over the f i r s t  
t h i r t y  percent  o f  the chord were chosen f o r  f u r t h e r  mod i f i ca t i on  by the 
a i r f o i l  design code. 

* Maximum camber a t  leading edge (droop) 

* Order of polynomial fit for camber distribution 

* Chordwise extent of modification 

Analysis of 3 x 2 x 3 Matrix 
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TWO-DIMENSIONAL DESIGN CODE 

T h e  airfoils chosen from the parametric camber study were further 
modified using an airfoil design code developed a t  NASA Langley. This code 
i s  based on the NYU analysis code (Bauer, e t  a1 . , 1975) and modifies an 
airfoil contour t o  achieve a target pressure distribution. The design 
method begins by calculat ing the pressure distribution for the initial air- 
foil shape and comparing i t  t o  the target pressures. The airfoil shape i s  
then modified based on the differences i n  these pressures using a design 
algorithm similar in concept t o  the ones used by Barger and Brooks (1974) 
and Davis (1979). This algorithm relates the difference i n  the predicted 
and target pressure coefficients t o  the surface curvature i n  subsonic and 
mildly supersonic flow regions. For regions w i t h  stronger supercri t ica l  
flow ( local  Mach numbers greater t h a n  1.151, a term t h a t  relates surface 
slopes t o  pressure coefficients i s  also included.  The changes i n  surface 
slopes and curvatures are t h e n  used t o  modify the initial airfoil ,  and the 
resulting airfoil i s  analyzed by the NYU code. This predictor/corrector 
approach i s  repeated u n t i l  the pressures and airfoil shape converge. 

Target pressures for the design were defined i n  a three-step process. 
Analysi s pressure d i  s t r i  b u t i  ons were obtained on the drooped a i  rfoil s.  
the undesirable flow expansion ahead of the droop match po in t  (30-percent 
chord) on the upper surface was eliminated by reducing the maximum pressure 
coefficient near the leading edge. Finally, the strength of the favorable  
pressure gradien t  behind the match p o i n t  was increased t o  help maintain airfoil 
thickness. The code required approximately 4 design cycles t o  achieve the 
target pressures. 

Next 

* Based on Garabedian and Korn analysis code 

* Modifies contour to achieve a specific 
pressure distribution 

* Pr edic tor/corr ec tor de sign algorithm 

* Subsonic -AC,= f( surface curvature) 

Supersonic -ACp = f(surface curvature, 
surface slope) 
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TWO-DIMENSIONAL PRESSURE D I S T R I B U T I O N S  FOR GLOVE AIRFOIL 
AT STATION 130 

C a l c u l a t e d  two-dimensional pressure d i s t r i b u t i o n s  are shown i n  the 
f i g u r e  f o r  t h e  a i r f o i l  a t  s t a t i o n  130 a t  var ious  stages o f  the  des ign 
e f f o r t .  
g i n a l  g love a t  two-dimensional c o n d i t i o n s  t h a t  a re  e q u i v a l e n t  t o  the  h i g h  
a1 t i t u d e  design p o i n t .  The two-dimensional Mach number was c a l c u l a t e d  
u s i n g  simple sweep theory,  and the angle o f  a t t a c k  was ad jus ted  t o  g i v e  a 
pressure d i s t r i b u t i o n  t h a t  c l o s e l y  matched t h e  one from the  three-  
dimensional code. The r e s u l t s  f o r  t h e  a i r f o i l  from the  camber study show 
t h a t  the  leading-edge peak on the  upper sur face was e l im ina ted ,  b u t  a peak 
formed i n s t e a d  j u s t  ahead o f  the  match p o i n t .  T h i s  pressure d i s t r i b u t i o n  
was m o d i f i e d  t o  c r e a t e  t h e  t a r g e t  pressures t h a t  were i n p u t  i n t o  t h e  a i r -  
f o i l  design code. The f i n a l  a i r f o i l  r e s u l t s  ( s o l i d  l i n e )  matched t h e  t a r -  
ge ts  everywhere except  near s i x t y  percent  chord on the upper sur face.  
d i f f e r e n c e  was caused by the  c o n s t r a i n t  t h a t  the  a i r f o i l  c o u l d  on ly  be 
m o d i f i e d  ahead o f  s i x t y  percent  on the  upper sur face and t h i r t y  percent  on 
the  lower  sur face.  

The dashed l i n e  represents  the  pressure d i s t r i b u t i o n  f o r  the  o r i -  

T h i s  

ORIGINAL - _ -  
_ -  CAMBER MODIFICATIONS 
t + + +  TARGET 

FINAL _ .  
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FINAL AIRFOILS 

The f i n a l  a i r f o i l s  from the redesign process are shown i n  the f i g u r e .  
The drooped a i r f o i l s  a t  s t a t i o n s  130 and 164 are o v e r l a i d  on the o r i g i n a l  
g love designs w h i l e  the  g love a i r f o i l  a t  s t a t i o n  200, which was no t  rede- 
signed, i s  compared t o  the bas ic  wing a i r f o i l .  The leading-edge extens ion 
and droop f o r  the  new gloves i s  ev ident ,  and the need t o  r e l a x  the  minimum 
glove th ickness can be seen a t  s t a t i o n  130, where the  mod i f ied  g love undercuts 
the  o r i g i n a l  g love (though i t  i s  s t i l l  ou ts ide  the  bas ic  wing).  The new g love 
sec t ions  have a s l i g h t l y  g rea ter  maximum thickness, bu t  are s t i l l  w i t h i n  the  
o r i g i n a l  c o n s t r a i n t  f o r  the  step s i z e  a t  the end o f  the glove on the upper 
surface. 

STA. 130" 
- ORIGINAL GLOVE DESIGN 

_c-----_ 

I' 
z 

\MODIFIED GLOVE DESIGN 

STA. 164" 
T-ORIGINAL GLOVE DESIGN ------- 

i -c 
MODIFIED GLOVE DESIGN 

GLOVE (GLOVE W A S  NOT MODIFIED STA. 200" 
-c - AT THIS STATION) - _ _ _  - - -- - - -- - 

."- BASIC F- 14  AIRFOIL 
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THREE-DIMENSIONAL ANALYSIS OF MODIFIED GLOVE - M = 0.7 

Analysis o f  the  mod i f ied  glove design was performed a t  the design con- 
Resul ts  d i t  on and o ther  f l i g h t  cond i t ions  throughout the f l i g h t  envelope. 

a re  presented below f o r  the M = 0.7, h igh  a l t i t u d e  design p o i n t  and compared 
aga n s t  r e s u l t s  from the o r i g i n a l  design. 
s t a t i o n  presented, span s t a t i o n  134, the adverse pressure grad ien t  was 
reduced b u t  no t  e l iminated.  However, the pressure peak was reduced a t  the 
lead ing  edge on the  upper surface. Moving outboard t o  s t a t i o n  167, note 
t h a t  the mod i f ied  glove e x h i b i t s  a neut ra l  pressure grad ien t  wh i l e  the 
pressure expansion and s l  i g h t l y  adverse grad ien t  ev ident  i n the o r i g i n a l  
design has been e l iminated.  
desi  gns are v i  r t u a l  l y  i nd i  s t i  ngui shabl e from s t a t i o n  234 outboard. 
the  mod i f i ca t ions  have al lowed usefu l  data t o  be obtained over a wider 
range o f  f l i g h t  cond i t ions  than were ava i l ab le  from the o r i g i n a l  g love 
design. 

Note t h a t  a t  the most inboard 

The pressure d i s t r i b u t i o n s  from the two 
Hence, 

STA 134 

STA. 

M =.7 
a = 3.250 
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- 4  

CP 

4 

.8 

1 2  
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STA. 167 
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THREE-DIMENSIONAL ANALYSIS OF MODIFIED GLOVE - M = 0.8 

The data presented i n  the f i g u r e  below represent  the pressure d i s t r i -  
bu t ions  a t  the worst  case cond i t i on  i n  the proposed f l i g h t  envelope, l e v e l  
f l i g h t  a t  M = 0.8 and 35,000 fee t .  The concern a t  t h i s  c o n d i t i o n  i s  r e l a t e d  
t o  the  shock s t rength  causing boundary-layer separat ion over the  a f t  p a r t  
o f  the  wing. Although the shocks seem r e l a t i v e l y  s t rong a t  t h i s  cond i t ion ,  
they are no s t ronger  than the  shocks on the basel ine F-14 con f igu ra t i on  a t  
comparable cond i t ions .  No o ther  adverse e f f e c t s  are observed i n  the  
inboard pressure d i s t r i b u t i o n s  fo r  the mod i f ied  gloved conf igura t ion .  
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SUMMARY 

Gloves f o r  M = 0.7 and M = 0.8 design p o i n t s  have been c o m p u t a t i o n a l l y  
designed and analyzed a t  c o n d i t i o n s  over  the proposed f l i g h t  t e s t  envelope. 
The r e s u l  ti ng computat ional  pressure d i s t r i b u t i o n s  have been analyzed i n  a 
boundary-1 ayer  s t a b i  1 i t y  code. 
pressure d i s t r i b u t i o n s  o f f e r  a wide range o f  combinations o f  CF and TS 
N- factors .  

These r e s u l  t s  i ndi  c a t e  t h a t  the  avai  1 ab1 e 

The g love designs a long w i t h  the base l ine  c o n f i g u r a t i o n  were t e s t e d  i n  
an e n t r y  i n t o  the  Nat iona l  Transonic F a c i l i t y .  Ana lys is  o f  the  f o r c e  and 
moment data showed no s i g n i f i c a n t  d i f f e r e n c e s  i n  the performance and s ta-  
b i l  i ty and c o n t r o l  c h a r a c t e r i s t i c s  between t h e  basel  i ne and g loved c o n f i  - 
gura t ions .  The r o l l i n g  moment c o n s t r a i n t  was met over t h e  e n t i r e  f l i g h t  
t e s t  envelope f o r  t h e  g loved c o n f i g u r a t i o n .  I n  a d d i t i o n ,  t h e r e  were o n l y  
minor  d i f f e r e n c e s  i n  the maximum l i f t  c o e f f i c i e n t  a t  approach speeds f o r  
the  two c o n f i g u r a t i o n s .  

Pressure d i s t r i b u t i o n s  f rom t h e  NTF t e s t  conf i rmed t h e  design pressure 
d i s t r i b u t i o n s  were achieved. However, i t  was decided t h a t  w i t h  minor  
m o d i f i c a t i o n s  t o  the inboard  r e g i o n  o f  the glove, u s e f u l  a v a i l a b l e  data 
c o u l d  be s i g n i f i c a n t l y  increased by adding another row o f  pressure o r i f i c e s  
a t  span s t a t i o n  167. The inboard  g love r e g i o n  was s u c c e s s f u l l y  redesigned, 
and t h e  m o d i f i e d  g love was analyzed over the  proposed f l i g h t  envelope. 

* Initial gloves computationally designed 

* NTF force and  m o m e n t  data  showed no significant 
differences between baseline and  
VSTFE configurations 

* Performance 
* Stability and  Control 
* Rolling Moment 

a t  Approach Speeds 
* CLMAX 

* Pressure distributions f rom NTF test confirmed 
ta rge t  design 
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STATUS 

The clean-up g love f l i g h t  t e s t  has been completed and the data a r e  
being analyzed. 
up on the  F-14 wing, and the  wing has been r e i n s t a l l e d  on the a i r c r a f t .  
F l i g h t  t e s t  ins t rumenta t ion  i s  now being checked ou t  f o r  the mod i f ied  
glove. F l i g h t  t e s t i n g  i s  scheduled t o  resume i n  l a t e  Spr ing o f  1987. 

The newly designed mod i f ied  glove contour has been b u i l t  

* Clean-up glove flight test completed 

* Modified glove contour has been installed 
on wing 

* Flight test scheduled to resume May 1987 
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A I R F O I L  /AIRCRAFT DES I GN INTE CRAT ION 

Aircraft prel iminary 
design using baseline. 7 

airfoil data 
, 

Whereas t h e  a i r f o i l  t o  be  used on a new a i r c r a f t  was once chosen from a 
ca t a log  of p o s s i b i l i t i e s  as t h e  compromise which most c l o s e l y  matched t h e  d e s i g n  
requirements ,  t h e  s t a t e  of a i r f o i l  d e s i g n  i s  now a t  such a l e v e l  t h a t  each new 
veh ic l e  should have an a i r f o i l  t a i l o r e d  s p e c i f i c a l l y  t o  t h e  intended mission. The  
r o l e  of t h e  a i r f o i l  designer  i n  t h i s  case  is as  i t  has always been, t h a t  i s ,  t o  
achieve t h e  r e q u i r e d  l i f t  f o r  t h e  l e a s t  poss ib l e  drag. I t  should not b e  i n f e r r e d ,  
however, t h a t  t he  best a i r f o i l  design is accomplished by maximizing the  s e c t i o n  
l i f t - t o - d r a g  r a t i o .  I n s t e a d ,  by  making use of modern a i r f o i l  design technologies ,  
t h e  des igner  a r r i v e s  a t  t h e  most s u i t a b l e  a i r f o i l  f o r  a par t icular  a i r c r a f t  by 
t r a d i n g  off  t h e  c o n f l i c t i n g  goals  of achieving low s e c t i o n  prof i le -drag  
c o e f f i c i e n t s  through laminar-flow management, f o r  example, a g a i n s t  a t t a i n i n g  h i g h  
maximum l i f t  c o e f f i c i e n t s  which reduce t h e  wetted-area drag by a l lowing a reduct ion  
i n  t h e  required wing a r e a .  These t y p e s  of t r ade -o f f s  make i t  c l e a r  t h a t  i n  order  
t o  achieve t h e  h ighes t  l e v e l s  of a i r c r a f t  performance poss ib l e ,  t h e  a i r f o i l  design 
process should be i n t e g r a t e d ,  as shown i n  t h e  flow diagram of F ig .  1 ,  w i t h  t h a t  of 
t h e  a i r c r a f t .  I n  t a i l o r i n g  t h e  a i r f o i l  t o  match t h e  a i r c r a f t ,  t h e  most s i g n i f i c a n t  
element i n  t h i s  diagram is the  a i r f o i l / a i r c r a f t  design i t e r a t i o n  loop. C lea r ly ,  
t h e  more c l o s e l y  t h e  base l ine  a i r f o i l  da ta  u s e d  i n  the  prel iminary design process  
match the  mission requirements ,  t h e  fewer t h e  i t e r a t i o n s  necessary i n  the  design 
loop.  

r 

Airfoil tailored 
to mission - 

aircraft specifications Final aircraft 
must be adjusted design 

b 

Figure 1 
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TYPICAL SPECIFICATIONS FOR A H I G H - A L T I T U D E ,  
LONG-ENDURANCE REMOTELY PILOTED VEHICLE 

C u r r e n t l y ,  there  is  i n t e r e s t  i n  t h e  development  o f  h i g h - a l t i t u d e ,  l o n g -  
e n d u r a n c e  r e m o t e l y  p i l o t e d  v e h i c l e s  f o r  a number of p roposed  missions, including 
communica t ions  r e l a y i n g ,  weather m o n i t o r i n g ,  and  p r o v i d i n g  cruise  missile t a r g e t i n g  
i n f o r m a t i o n .  The p r e l i m i n a r y  d e s i g n  and  s i z i n g  o f  s u c h  v e h i c l e s  is c o m p l i c a t e d  
however ,  by t h e  f a c t  t h a t  da ta  r e g a r d i n g  s u i t a b l e  a i r f o i l s  are  l i m i t e d .  T h i s  is 
d u e  t o  t h e  f ac t  t h a t  s u c h  v e h i c l e s ,  u n l i k e  those f o r  which t h e  m a j o r i t y  of a i r f o i l s  
have  been d e v e l o p e d  i n  t h e  p a s t ,  o p e r a t e  a t  f a i r l y  h i g h  l i f t  c o e f f i c i e n t s  and a t  
r e l a t i v e l y  low Reyno lds  numbers.  T h u s ,  t o  p r o v i d e  r e a l i s t i c  a i r f o i l  p e r f o r m a n c e  
i n f o r m a t i o n  for  p r e l i m i n a r y  d e s i g n  p u r p o s e s ,  a g e n e r i c  a i r f o i l  has  been  d e s i g n e d  
f o r  t h e  a i r c ra f t  h a v i n g  t h e  s p e c i f i c a t i o n s  g i v e n  i n  F i g .  2.  These s p e c i f i c a t i o n s  
are r e p r e s e n t a t i v e  of t h e  a i r c r a f t  p roposed  fo r  t h e  m i s s i o n s  n o t e d .  

Wing span = 25m (82 f t )  

Gross weight = 2000 kg (4400 lbs) 
Empty weight = 1000 kg (2200 l b s )  

PaylOOd = 150-500 kg (330-1100 1bS) 

Operational altitude = 20J000 m ( 6 6 , 0 0 0 f t )  

Endurance = 90 hrs, 
Range z 32,000 km (20,000 mi) 

F i g u r e  2 
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DESIGN GOALS 

Based on  per formance  s t u d i e s  of t he  a i r c ra f t  hav ing  the  s p e c i f i c a t i o n s  g i v e n  
i n  F i g .  2 ,  t h e  a i r f o i l  d e s i g n  r e q u i r e m e n t s  f o r  t h e  s e c t i o n  located a t  t h e  mean 
aerodynamic  chord emerged. T h e s e  r e q u i r e m e n t s  are summarized i n  t h e  form of the  
s e c t i o n  drag polar  p r e s e n t e d  i n  F i g .  3. The d e s i g n  g o a l  is  t o  a c h i e v e  t h e  l i f t  
c o e f f i c i e n t s  r e q u i r e d  fo r  t h e  key  o p e r a t i o n a l  p o i n t s  no ted  i n  t h e  f i g u r e ,  and  t o  
a c h i e v e  them w i t h  t h e  lowest p o s s i b l e  p ro f i l e -d rag  c o e f f i c i e n t s .  T h u s ,  t h e  desired 
p o l a r  is o f  the  form shown, b u t  moved t o  t h e  l e f t  as far  as p o s s i b l e  for t h e  g i v e n  
w i d t h  of t h e  l a m i n a r  "bucke t " .  I n  a d d i t i o n ,  subjec t  t o  t h e  other d e s l g n  
c o n s t r a i n t s ,  i t  is des i rab le  t o  a c h i e v e  a r e a s o n a b l y  h i g h  maximum l i f t  c o e f f i c i e n t  
f o r  t a k e - o f f  and l a n d i n g  pe r fo rmance .  

210 

1 1 5  

q 110 

I5 

0 

c~ ,mox ( R  = 2,O x 10') 

'd 

F i g u r e  3 
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FIGURE OF MERIT 

I n  order t h a t  t h e  most s u i t a b l e  a i r f o i l  for  a given a i r c r a f t  r e s u l t s ,  i t  is 
necessary t o  d i r e c t  the design process using some means of quant i ta t ively comparing 
d i f fe ren t  candidate a i r f o i l s .  On f irst  consideration, i t  might be thought t h a t  t h e  
a i r f o i l  having t h e  h ighes t  of t h e  so-called endurance parameter, cE3’2/cd, would 
of fe r  the best a i r c r a f t  endurance performance; however, because of the impact of 
the a i r f o i l  on such t h i n g s  as wing area,  t a i l  s i z e ,  and s o  f o r t h ,  se lec t ion  of the 
a i r f o i l  having the highest  endurance parameter does not insure t h a t  the a i r c r a f t  
w i l l  have the highest three-dimensional endurance parameter, C L ~ / ~ / C D .  
was found t h a t  i n  order t o  maximize the a i r c r a f t  endurance, t h e  a i r f o i l  should be 
designed such t h a t  t h e  f i g u r e  of  m e r i t ,  given i n  F ig .  4, i s  maximized. The f i g u r e  
of  m e r i t  provides  a q u a n t i t a t i v e  means of  t r a d i n g  o f f  t h e  gain due t o  decreas ing  
wetted-area wing drag by inc reas ing  t h e  maximum lift c o e f f i c i e n t  aga ins t  t h a t  o f  
decreas ing  t h e  s e c t i o n  prof i le -drag  c o e f f i c i e n t .  It should be  noted t h a t ,  i f  t h e  
appropr ia te  ope ra t iona l  lift c o e f f i c i e n t  f o r  which t h e  p r o f i l e  drag  i s  minimized 
i s  considered,  t h i s  f i g u r e  of m e r i t  i s  t h e  same as t h a t  used t o  des ign  an a i r f o i l  
for gene ra l  a v i a t i o n  app l i ca t ions .  1 

I n  f a c t ,  i t  

Reduce wing p r o f i l e  drag 
Decrease wing area by i nc reas lng  Cl,max 

@Reduce sec t i on  p r o f i l e  drag a t  opera t iona l  cz 

cZ,max 

Figure 4 
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APPLICATION OF THE FIGURE OF MERIT 

A s  an  example  of how t h e  f i g u r e  o f  merit g i v e n  i n  t h e  p r e c e d i n g  f i g u r e  might  
be u s e d ,  c o n s i d e r  t h e  d r a g  p o l a r s  of two c a n d i d a t e  a i r f o i l s  as d e p i c t e d  i n  F i g .  5 .  
The a i r f o i l  h a v i n g  pe r fo rmance  r e p r e s e n t e d  by t h e  s o l i d  l i n e  h a s  a lower p r o f i l e -  
d r a g  c o e f f i c i e n t  o v e r  most of  t h e  f l i g h t  r a n g e ,  w h i l e  t h e  a i r f o i l  r e p r e s e n t e d  by 
t h e  dashed  l i n e  h a s  a h i g h e r  maximum l i f t  c o e f f i c i e n t  which allows t h e  r e q u i r e d  
wing area t o  b e  l e s s ,  and thereby reduces t h e  wetted-area drag. While the  t w o  
p o l a r s  are  v e r y  d i f f e r e n t ,  i t  is e n t i r e l y  p o s s i b l e  t h a t  t h e  two a i r f o i l s  have  t h e  
same maximum s e c t i o n  endurance  p a r a m e t e r s  o r  l i f t - t o - d r a g  r a t i o s .  T h u s ,  w h i l e  i t  
is clear t h a t  one  of t h e  two m u s t  o f f e r  bet ter  a i r c r a f t  e n d u r a n c e ,  i t  is n o t  a t  a l l  
c lear  which o n e  i t  is. The  f i g u r e  of m e r i t ,  however ,  p r o v i d e s  a q u a n t i t a t i v e  means 
which a l l o w s  t h e  p r o p e r  s e l e c t i o n  t o  be made. 

0 

I :  Lower p r o f  i l e - d r a g  
c o e f f i c i e n t  but 

i more wing area  
I 
I 
I 
I 
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A DDIT I ONA L DES I GN CONS I DE RAT IONS 

I n  a d d i t i o n  t o  t h e  d e s i g n  c o n s i d e r a t i o n s  a l r e a d y  n o t e d ,  t h e  c o n s t r a i n t s  
i n d i c a t e d  i n  F i g .  6 were imposed.  A s i n g l e - e l e m e n t  a i r f o i l  was dec ided  on b e c a u s e  
pe r fo rmance  c a l c u l a t i o n s  i n d i c a t e d  t h e  p e n a l t y  fo r  c a r r y i n g  t h e  a d d i t i o n a l  w e i g h t  
o f  a f l a p  s y s t e m  o v e r  s u c h  a l o n g  p e r i o d  of time c o u l d  n o t  b e  j u s t i f i e d .  To k e e p  
t h e  trim d r a g  w i t h i n  r e a s o n a b l e  l i m i t s ,  i t  was decided t h a t  t h e  a i r f o i l  p i t c h i n g  
moment c o e f f i c i e n t  s h o u l d  b e  no more n e g a t i v e  t h a n  i n d i c a t e d .  F i n a l l y ,  a l t h o u g h  
r e s u l t i n g  i n  a s e v e r e  l i m i t a t i o n  o n  t h e  a c h i e v a b l e  c ~ , ~ ~ ~ ,  t h e  c o n s t r a i n t  was 
imposed t h a t  t he  maximum l i f t  c o e f f i c i e n t  s h o u l d  n o t  depend o n  s u r f a c e  
c o n t a m i n a t i o n .  T h u s ,  take-off and l a n d i n g  pe r fo rmance  would be  u n a f f e c t e d  by r a i n ,  
b u g s ,  d i r t ,  and  s o  f o r t h ,  o n  t h e  wings .  

1, No flaps 

no more negative than - 0 2 0  2 ,  CmJo 

3 ,  CIJmax # f(surface contamination) 

F i g u r e  6 
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THE UPPER-SURFACE VELOCITY DISTRISUTION USED FOR THE ACHIEVEMENT 
OF c , g m a x  INDEPENDENT OF SURFACE CONTAMINATION 

I n  order t o  a c h i e v e  c ~ ~ , ~ ~ ~  i n d e p e n d e n t  of s u r f a c e  c o n t a m i n a t i o n ,  t h e  
u p p e r - s u r f a c e  v e l o c i t y  d i s t r i b u t i o n  was d e s i g n e d  t o  behave  as  i n d i c a t e d  i n  F i g .  7 .  
The  idea is t o  have  t h e  v e l o c i t y  d i s t r i b u t i o n  c o r r e s p o n d i n g  t o  cR = 1.5, which is 
t h e  uppe r  l i m i t  of t h e  low-drag r a n g e ,  s u c h  t h a t  t h e  boundary - l aye r  t r a n s i t i o n  
is "on t h e  ve rge"  of moving f o r w a r d  from i t s  l o c a t i o n  j u s t  a t  t h e  s t a r t  of t h e  
main p r e s s u r e  r e c o v e r y .  Thus ,  f o r  lower a n g l e s  o f  a t t a c k ,  t h e  p r e s s u r e  g r a d i e n t s  
are s u c h  t h a t  t r a n s i t i o n  w i l l  be  c o n f i n e d  t o  t h e  ramp j u s t  ups t r eam of the  main  
p r e s s u r e  r e c o v e r y .  F o r  h i g h e r  a n g l e s  of a t t a c k ,  however, t h e  r e s u l t i n g  u n f a v o r a b l e  
p r e s s u r e  g r a d i e n t s  w i l l  cause t r a n s i t i o n  t o  move r a p i d l y  toward the  l e a d i n g  edge .  
Thus ,  t h e  maximum l i f t  c o e f f i c i e n t  does n o t  depend on  a l o n g  r u n  of l a m i n a r  flow. 
The p r e s s u r e  p e a k s  o v e r  t h e  forward p o r t i o n  o f  t h e  a i r f o i l  r e q u i r e d  t o  a c h i e v e  t h i s  
b e h a v i o r ,  however ,  t e n d  t o  l i m i t  t h e  maximum l i f t  c o e f f i c i e n t  t h a t  can  be p roduced .  

x/c 
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SEPARATION RAMP 

I n  order t o  operate  a t  the r e l a t i v e l y  h i g h  l i f t  c o e f f i c i e n t s  r e q u i r e d  by t h e  
h i g h - a l t i t u d e ,  l o n g  e n d u r a n c e  m i s s i o n ,  t h e  l e v e l  of t h e  u p p e r - s u r f a c e  v e l o c i t y  
d i s t r i b u t i o n  m u s t  be  f a i r l y  h i g h .  I n  r e c o v e r i n g  t o  free-stream c o n d i t i o n s  o v e r  t h e  
a f t  p o r t i o n  of t h e  a i r f o i l ,  however ,  t h e  low o p e r a t i o n a l  Reynolds  number s e v e r e l y  
limits t h e  amount of a d v e r s e  p r e s s u r e  g r a d i e n t  t h a t  can  be n e g o t i a t e d  by the  
t u r b u l e n t  boundary  l a y e r  wi thout  s e p a r a t i o n  problems. One method of o b t a i n i n g  t h e  
l i f t  needed  w h i l e  c o n t r o l l i n g  t h e  e x t e n t  of u p p e r - s u r f a c e  s e p a r a t i o n  is t h r o u g h  t h e  
use o f  t h e  sepa ra t ion  ramp (shown i n  Fig.  8 ) ,  o r i g i n a l l y  c r e d i t e d  t o  F. X. Wortmann. 
While some s e p a r a t i o n  is p r e s e n t  a t  a n g l e s  of attack w i t h i n  t h e  o p e r a t i n g  r a n g e  of 
i n t e r e s t ,  t h e  ramp limits t h e  amount of s e p a r a t i o n  t o  less  t h a n  t e n - p e r c e n t  chord. 
I t  is n o t  u n t i l  t he  a n g l e  of attack i s  n e a r  t h a t  c o r r e s p o n d i n g  t o  t h e  maximum l i f t  
c o e f f i c i e n t  t h a t  t h e  s e p a r a t i o n  p o i n t  is ab le  t o  move ups t r eam of t h e  ramp and  o n t o  
t h e  main  pressure r e c o v e r y .  

Separat ion ramp 

'3 Lower sur face  

x/c 
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D E S I G N  METHODOLOGY 

Once t h e  d e s i g n  g o a l s  were f i r m l y  e s t a b l i s h e d ,  t h e  a c t u a l  d e s i g n  was carried 
o u t  u s i n g  t h e  E p p l e r  prograrn .* ,3  
a g i v e n  c o n d i t i o n ,  t h e n  e x p l o r e  o f f - d e s i g n ,  and i f  found u n a c c e p t a b l e ,  modi fy  t h e  
d e s i g n - p o i n t  s o l u t i o n  u n t i l  a c c e p t a b l e  o f f - d e s i g n  pe r fo rmance  is a c h i e v e d .  The 
E p p l e r  method,  however ,  is un ique  i n  t h a t  t h e  a i r f o i l  is d e s i g n e d  t o  s a t i s f y  t h e  
e n t i r e  pe r fo rmance  e n v e l o p e  from t h e  o n s e t .  T h i s  is p o s s i b l e  b e c a u s e  t h e  method 
allows d i f f e r e n t  p a r t s  of  t h e  a i r f o i l  t o  be d e s i g n e d  f o r  d i f f e r e n t  o p e r a t i n g  
c o n d i t i o n s .  F o r  example ,  as shown i n  F i g .  9 ,  t h e  uppe r  s u r f a c e  of t h e  a i r f o i l  is 
d e s i g n e d  p r i m a r i l y  t o  t h e  upper  l i m i t  of low-drag  r a n g e  of the p o l a r ,  c o r r e s p o n d i n g  
t o  t h e  h i g h - a l t i t u d e  l o n g - e n d u r a n c e  o p e r a t i n g  p o i n t ,  w h i l e  t h e  lower s u r f a c e  was 
d e s i g n e d  t o  t h e  lower  l i m i t  o f  the  low-drag r a n g e ,  c o r r e s p o n d i n g  t o  t h e  d a s h  
r e q u i r e m e n t s .  

Most d e s i g n  m e t h o d o l o g i e s  d e v e l o p  t h e  a i r f o i l  f o r  

upper-surface design p o i n t  
- 

/ ( R  = 0 ,7  x l o 6 )  

t P  
upper-surface design p o i n t  

Lower-surface design p o i n t  

‘d 

F i g u r e  9 

‘d 
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DESIGN FOR DES I R E D  BOUNDARY -LA YE R DEVELOPMENT 

I t  i s  n o t a b l e  t h a t ,  u n l i k e  most methods which d e s i g n  for a g i v e n  v e l o c i t y  
d i s t r i b u t i o n ,  t h e  E p p l e r  p r o g r a m  makes i t  p o s s i b l e  t o  go o n e  s t e p  b e y o n d  t h i s  and  
d e s i g n  a n  a i r f o i l  which a c h i e v e s  a d e s i r e d  b o u n d a r y - l a y e r  d e v e l o p m e n t .  As a n  
e x a m p l e  of t h e  process, c o n s i d e r  t h e  p r o g r a m - g e n e r a t e d  p l o t ,  p r e s e n t e d  i n  F i g .  10, 
of R e y n o l d s  number based o n  momentum t h i c k n e s s  a g a i n s t  t he  b o u n d a r y - l a y e r  s h a p e  
fac tor .  I n d i c a t e d  i n  t h e  f i g u r e  are  t h e  e m p i r i c a l l y  d e t e r m i n e d  c r i t e r i a  f o r  
t r a n s i t i o n  a n d  t u r b u l e n t  s e p a r a t i o n .  Also shown for r e f e r e n c e  are  t h e  s h a p e  
f a c t o r s  c o r r e s p o n d i n g  t o  a l a m i n a r  s e p a r a t i o n ,  s t a g n a t i o n ,  a n d  t h e  R l a s i u s  s o l u t i o n  
for  t h e  b o u n d a r y  l a y e r  o v e r  a f l a t  p l a t e .  The c u r v e s  p l o t t e d  i n  t h e  f i g u r e  
r e p r e s e n t  t h e  b o u n d a r y - l a y e r  d e v e l o p m e n t s  a t  two a n g l e s  of a t tack n e a r  t h e  
u p p e r - s u r f a c e  d e s i g n  c o n d i t i o n .  Bo th  d e v e l o p m e n t s  b e g i n  a t  t h e  l e a d i n g - e d g e  
s t a g n a t i o n  p o i n t  a n d  r a p i d l y  move toward l a m i n a r  s e p a r a t i o n .  T h e  d e v e l o p m e n t  a t  
a = 14.79 degrees c l o s e l y  follows t h e  l a m i n a r  s e p a r a t i o n  c r i t e r i o n  a n d  i n t e r s e c t s  
t h e  t r a n s i t i o n  c u r v e  a t  a p o i n t  o n  t h e  a i r f o i l  c o r r e s p o n d i n g  t o  t h e  s t a r t  of 
p r e s s u r e  r e c o v e r y .  The b o u n d a r y - l a y e r  d e v e l o p m e n t  which  is shown for  a s l i g h t l y  
h i g h e r  a n g l e  of a t tack i n t e r s e c t s  t h e  l a m i n a r  s e p a r a t i o n  l i n e  almost i m m e d i a t e l y ,  
a n d  t r a n s i t i o n  n e a r  t h e  l e a d i n g  e d g e  by means of a l a m i n a r  s e p a r a t i o n  b u b b l e  is 
i n d i c a t e d .  T h i s  p a r t i c u l a r  d e v e l o p m e n t  p r o v i d e s  f o r  t h e  r a p i d  forward movement of 
t r a n s i t i o n  for l i f t  c o e f f i c i e n t s  greater t h a n  1.5 a n d  t h e r e b y  s a t i s f i e s  t h e  
r e q u i r e m e n t  t h a t  t h e  maximum l i f t  b e  i n d e p e n d e n t  of s u r f a c e  c o n t a m i n a t i o n .  T h e  
des i r ed  b o u n d a r y - l a y e r  d e v e l o p m e n t  on t h e  lower s u r f a c e  is  o b t a i n e d  s i m i l a r l y .  

UPPER-SURFACE BOUNDARY-LAYER DEVELOPMENT 
c, ~ 1 . 5  R=0.7  x l o 6  

lo5 

A,P.G. 

F.P.G. 

Turbulent seporat lon 

102 

Lamlnar 
seporation 

1,50 1.55 1.60 1.65 
101 

"32 

ion 

Adverse pressure 
grad lent 
Favorable pressure 
grod ien t 
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H I  G H - A L T I T U D E ,  LONG-ENDURANCE A I R F O I L  
AND I N V IS C I  D V E L  O C I  T Y D I ST R I  BUT I ON S 

The h i g h - a l t i t u d e ,  l ong-endurance  a i r f o i l  which was d e s i g n e d  i s  p r e s e n t e d  i n  
F i g .  1 1 .  A l s o  i n c l u d e d  i n  t h e  f i g u r e  a r e  t h e  i n v i s c i d  v e l o c i t y  d i s t r i b u t i o n s  
c o r r e s p o n d i n g  t o  t h e  key d e s i g n  l i f t  c o e f f i c i e n t s  f o r  t h i s  a i r f o i l .  

2mo 

110 

F i g u r e  1 1  
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SECT ION CHARACTERISTICS 
R = 0.7 x l o 6  

The performance of the a i r f o i l  is summarized i n  t h e  program-generated p lo ts  
presented i n  F i g .  12 .  The r e s u l t s  shown correspond t o  t h e  long-endurance Reynolds 
number. Comparing these results w i t h  the requirements shown i n  F i g .  3,  i t  is c lear  
t h a t  a l l  the  design goals have been s a t i s f i e d .  The small t r i a n g l e s  on the drag 
curves indicate  l i f t  coef f ic ien ts  for  which a laminar separation bubble is 
predicted t h a t  is s igni f icant  enough t o  a l t e r  the drag coef f ic ien ts  given. I t  
should be noted, however, t h a t  t h e  laminar-separation-bubble warnings occur outside 
the operating range for  the a i r f o i l  for  t h i s  Reynolds number. 

ln5 

1 no 

c Z  

05 

0 

'd 

Figure 1 2  
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SECT I ON CHA RA CTE RI STI CS 
R = 2 x lo6  

The sec t ion  c h a r a c t e r i s t i c s  f o r  t he  Reynolds number corresponding t o  take-off 
and dash condi t ions  are given i n  Fig.  13. Of most s ign i f i cance  i s  t h e  f a c t  t h a t  
t h e  t r a n s i t i o n - f r e e  and t r a n s i t i o n - f i x e d  po la r s  merge a t  high l i f t  c o e f f i c i e n t s .  
T h u s ,  because t h e  t r a n s i t i o n  point  on t h e  upper su r face  has a l ready  moved t o  the  
l e a d i n g  edge, t h e  behavior of t h e  a i r f o i l  a t  h i g h  l i f t  c o e f f i c i e n t s  is independent 
of s u r f a c e  contamination which, otherwise,  woclld inf luence  t h e  l o c a t i o n  of 
t r a n s i t i o n .  Based on a long-term c a l i b r a t i o n  of the program c a l c u l a t i o n s  aga ins t  
wind-tunnel and f l i g h t  d a t a ,  a maximum l i f t  c o e f f i c i e n t  of 1.8 is expected f o r  t h i s  
a i r f o i l .  

1,5 

c z  180 

I S  

Figure 13 
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VEHI CLE PERFORMANCE COMPARISON 

To d e m o n s t r a t e  t h e  r e l a t i v e  i m p o r t a n c e  of t h e  a i r f o i l  pe r fo rmance  t o  t h a t  of 
t h e  o v e r a l l  a i r c ra f t ,  a pe r fo rmance  compar ison  is p r e s e n t e d  i n  F i g .  1 4  f o r  two 
a i r c r a f t  which a re  i d e n t i c a l  i n  a l l  r e s p e c t s  e x c e p t  f o r  t h e  a i r f o i l  u t i l i z e d  on t h e  
main  wing. The f i r s t  column resul ts  are f o r  t h e  a i r c r a f t  having an NACA 23015 
a i r f o i l ,  w h i l e  t h e  s e c o n d  column results are f o r  t h e  v e h i c l e  h a v i n g  t h e  new 
h i g h - a l t i t u d e ,  l ong-endurance  a i r f o i l ,  t h e  N A S A  N L F ( 1 ) - 1 0 1 5 .  T h e  t h i r t y - p e r c e n t  
improvement i n  e n d u r a n c e  and f o u r t e e n - p e r c e n t  i n  r a n g e  c l e a r l y  i n d i c a t e  t h a t  t h e  
p o t e n t i a l  b e n e f i t s  offered by t h e  new a i r f o i l  are  s i g n i f i c a n t .  While f u r t h e r  
i t e r a t i o n  of t h e  a i r f o i l / a i r c r a f t  d e s i g n  would resul t  i n  even bet ter  o v e r a l l  
pe r fo rmance ,  t h e  a i r f o i l  d e s i g n e d  p r o v i d e s  r ea l i s t i c ,  pe r fo rmance  data which s h o u l d  
f a c i l i t a t e  t h e  mean ingfu l  p r e l i m i n a r y  d e s i g n  and s i z i n g  of h i g h - a l t i t u d e ,  
l ong-endurance  r e m o t e l y  p i l o t e d  v e h i c l e s .  

NACA 23015 NLF( lb1015 

Endurance 72 hrs, 93 hrs, (+ 30%) 

Range 18,000mi 21,000 mi ( +  14%) 

F i g u r e  1 4  
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C O N  CL US I O N S  

The c o n t r i b u t i o n s  of t h e  a i r f o i l  d e s i g n  e f f o r t  r e p o r t e d  i n  t h i s  paper are 
summarized i n  F i g .  15. 

0 Demonstrated importance o f  integrating airfoil 
and aircraft designs 

0 Provided realistic airfoil data t o  aid future 
high-alt itude, long-endurance aircraft 
preliminary design 

0 Developed test case for further validation of 
Eppler program 

0 Designed boundary layer -- not pressure 
d 1 s t  r i but ion o r  shape 

0 Achieved substantial improvement in vehicle 
performance through mission-specific 
airfoil designed utilizing multipoint 
capaoi 1 ity of Eppler program 

F i g u r e  15 
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SYMBOLS A N D  A B B R E V I A T I O N S  

CD 

CL 

C 

Cd 

11 

Cm 

Cm,o 

C 

H32 

R 

S 

Ssep 

S t u r b  

"03 

V 

X 

a 

62 

63 

drag coef f ic ien t  

l i f t  coeff ic ient  

a i r f o i l  chord 

sect ion prof ile-drag coef f ic ien t  

sec t  i on 1 i f  t coef f i c i  ent 

section pitching moment coef f ic ien t  taken about quarter-chord point 

sect ion quarter-chord pitching-moment coef f ic ien t  a t  zero l i f t  

boundary-layer shape fac tor ,  63/62 

Reynolds number based on free-stream conditions and a i r f o i l  chord 

a rc  length along a i r f o i l  surface 

a r c  length along which boundary layer is separated 

a r c  l e n g t h  along which boundary layer is turbulent ,  including ssep 

f ree-s t ream velocity 

loca l  velocity on a i r f o i l  

a i r f o i l  abscissa 

angle of a t tack r e l a t i v e  t o  zero- l i f t  l i n e ,  deg 

boundary-layer momentum thickness 

boundary-layer energy thickness 

Abbreviations: 

1s lower surface 

u s  upper  surface 
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A major concern in the application of a laminar flow wing design to commercial transports is whether laminar 
flow can be sustained in the presence of the noise environment due to wing-mounted turbofan engines. To 
investigate this issue, a flight test program was conducted by oeing under contract to NASA Langley using the 
Boeing 757 flight research airplane with a portion of the wing modified to obtain natural laminar flow (Refs. 1 
and 2). 

Prior to this flight-test program, there were no extensive measurements of the noise field on the wing of a 
commercial transport with wing-mounted high-bypass-ratio engines. There also were no flight measurements of 
the effect of such a noise field on laminar boundary--layer transition. Therefore, the flight test had two primary 
objectives. The first was to measure the noise levels on the upper and lower surface of the wing for a range of 
flight conditions. The second was to investigate the effect of engine noise on laminar boundary-layer transition. 
In order to achieve these objectives, the wing was instrumented with an array of microphones, and a Natural 
Laminar-Flow (NLF) glove was installed on the right hand wing just outboard of the nacelle. The noise field on 
the wing and transition location on the glove were then measured as a function of the engine power setting at a 
given flight condition. ( Figure 1 ) . 

796 

ure 1 



NATURAL LAMINAR FLOW GLOVE INSTALLATION 

The objective of the glove design was to obtain enough natural laminar flow to allow the effect of engine noise 
on the extent of laminar flow to be observed. The extent of natural laminar flow that is obtained with a given 
pressure distribution is a strong function of leading edge sweep. Lower leading edge sweep results in longer 
laminar runs. However, lower leading edge sweep has some adverse effects. The bending load due to the 
overhang increases with decreasing leading edge sweep. The asymmetry of the airplane also increases, which 
results in possible reduction of the flight envelope. The final choice of the leading edge sweep was 21 deg, which 
limited the airplane to 2.0-g operations. 

The glove location was chosen to be immediately outboard of the No. 2 engine at slat No. 7. This location 
gives the glove maximum engine noise exposure. The glove was designed with the constraint that it have straight 
spanlines within the prime test region in order to facilitate its manufacture. It also was designed with the 
constraint that it match the existing wing at x/c = 0.35 in order to minimize the size of the glove. 

Because the glove was considered to be a relatively small departure from the existing 757 wing, for which 
both wind tunnel and flight data are available, no wind tunnel testing was considered necessary to substantiate 
the aerodynamic design. The availability of accurate transonic aerodynamic codes was also a factor in the 
decision to dispense with testing. C Figure 2). 

Glove Geometry 
A,, = 21 deg 
Length = 6 f t  
Span = lo f t  

Dense Urethane Foam 
With Fiberglass-Epoxy 

Structural Beam 

Figure 2 
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ACOUSTIC INSTRUMENTATION 

Eight microphones were mounted on each surface of the wing. One additional microphone was mounted just 
above the attachment line near the outer edge of the glove. On the forward part of the wing where the boundary 
layer is thin, the transducers were bonded directly to the wing surface and faired smoothly to the surface using 
Magic Bond. Each surface-mounted transducer was modified by inserting a 0.016-in wire in the unit's vent tube 
to provide desired response characteristics. The microphones located further back on the wing were mounted on 
a probe. The probe height above the wing surface was chosen so that the microphone would be slightly above the 
boundary layer as calculated for the glove design condition (M = 0.80. altitude = 40,000 ft). The vent tube of 
each of the probe-mounted transducers was modified by inserting a 0.008-in wire to provide satisfactory 
response characteristics. 

The microphone locations were chosen to survey the entire wing wi th  a limited number of transducers. I t  was 
also desired to use a denser distribution of microphones in the NLF glove region for the investigation of sound 
effects on laminar flow. The microphone placement on the glove recogniLed that the microphones would trip the 
laminar boundary layer. Their locations were chosen so that the turbulent wedge emanating from them would not 
interfere with any of the hot films. t Figure 3 ) . 
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NLF GLOVE INSTRUMENTATION 

In addition to the noise-measuring instruments, glove pressure distributions were measured with separate 
upper and lower surface “strip-a-tube” belts, and the state of the boundary layer was determined by surface 
hot-film sensors. Two separate pressure belts were used for each glove surface so there would be no chance of 
contaminating the attachment line flow with a belt wrapped around the leading edge. The pressure belts were 
carefully faired to the glove surface to minimize the effect of their presence on the measured pressures. The 
number of available data channels limited the pressure measurements to one section at a time. Therefore, only 
the pressure belts at the inboard section were used for the first two flights, and only the outboard belts were used 
for the last two flights. By closely matching the test conditions, measurements from the two sets of flights with 
different instrumentation layouts could be combined. 

The ten hot-film sensors installed on each surface of the glove were staggered 15 deg from a streamwise line 
so the disturbances created by upstream sensors would not affect the response of downstream sensors. The 
choice of this angle was based, in part, on transonic analyses that determined the streamline pattern on the glove. 
On the first two flights the films were placed in a long row to get an accurate chordwise determination of the 
transition point near the middle of the glove. For the last two flights the sensors were repositioned based on 
results from the first flights, so the spanwise extent of laminar flow could be determined. (Figure 4 ) . 
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The hot-film sensors used for this lest were 50-Ohm nickel ga icromeasurement . The 
electronics that controlled the gages was designed and fabricated at ntained the gages at a 
constant voltage. The fluctuating current signal from each gage was converted to a voltage and recorded on 
magnetic tape during each test point interval and also displayed continuously on oscilloscopes. The rms value 
from each hot film was also recorded. 

The oscilloscope displays were used by the test engineer on the flights to determine the boundary-layer state in 
real time at each of the hot-film locations. The traces exhibited by the hot films fell into four quite distinct 
categories. A laminar trace was nearly flat with an rms signal value of about 10 mV. The next development was 
an intermittent signal burst superimposed on the laminar signal. This was interpreted as being discrete bursts of 
turbulence moving past the gage. These intermittent bursts eventually replaced the laminar signal as the 
boundary layer moved into its transitional phase. The transitional signal had rms values of several hundred 
millivolts. As the boundary layer became fully turbulent, the signal settled down from the wildly fluctuating 
transitional trace to a steady state fluctuation having an rms value around 50 mV. (Figure 5 ) . 

t 

Figure 5 
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ecause the glove was flight tested in June, it was necessary to protect the test area from insect i ~ ~ i n g e m e n t  
ination of the laminar flow. The technique used was similar to that used successfully 
t program (Ref. 3). The leading-edge area was covered with paper during takeoff and 

climb. The paper used was similar to butcher paper in strength and thickness, with a thin film of wax on the side 
next to the glove surface. To remove the paper, a heavy nylon rip cord was led under the leading edge of the 
cover to its outboard end and then back through a small paper envelope attached to the outside leading edge of 
the cover. The cord was attached to the cover at its inboard end and was protected from the airflow by the 
envelope. The cord was run into the cabin through a 0.25-in copper tube that was secured to the wing and body 
surfaces. After the airplane climbed above 5000 ft, the cord was pulled, ripping the paper into two halves that 
flew away. The ripping mechanism did not work as planned on the first two flights because of initial problems 
with the routing of the copper tube and the strength of the rip chord. “Roller-coaster” type maneuvers had to be 
used to shake off the paper. On flight 3, the ripping mechanism worked as planned. On all 3 of those flights there 
was no evidence of insect contamination, indicating that the cover did provide the desired protection. (Figure 6). 
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INSECT IMPINGEMENT ON UNPROTECTED GLOVE 

The glove was not protected during flight 4 since the primary purpose of that flight was to obtain pressure 
data. Laminar flow sensor data taken on the flight indicated a loss of laminar flow in some areas of the glove 
relative to the flight 3 results. It  was suspected that this was due to insect contamination, although this could not 
be visually confirmed in flight. After landing, an inspection of the glove leading edge showed that seven insects 
had hit the glove in the vicinity of the attachment line. I t  is not known how many of these were picked up during 
takeoff and climbout. However, this evidence, together with the reduced extent of laminar flow in some areas of 
the glove, indicates that the cover served its essential purpose on the three flights for which it was used. 
(Figure 7 ). 
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MACH ALTITUDE CONDITIONS TESTED 
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The design point of the NLF glove was M = 0.8 and an altitude of 40,OOO ft. At this condition it was expected 
that a significant extent of laminar flow would be achieved on the upper and lower surface of the glove 
simultaneously. However, it was also expected that the condition for maximum extent of laminar flow on the 
upper surface would be obtained at a condition different from that of the lower surface, both of which would 
differ from the design condition. Furthermore, it was necessary to study the effects of Reynolds number, Mach 
number, lift coefficient, and sideslip on the extent of laminar flow. The effect of altitude and Mach number on 
the measured noise levels was also desired. Therefore, a wide range of Mach-altitude conditions were tested, as 
shown in Figure 8.  The Mach numbers tested ranged from 0.63 to 0.83, and the altitudes ranged from 25.000 ft 
to 41 ,000 ft. The most important Mach numbers were 0.8 and 0.7, and the most important altitudes were 39,000 
ft and 35,000 ft. 
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OASPL DISTRIBUTION ON 757 WING 

Figure 9 shows the overall sound pressure level (OASPL) distribution measured on the wing for a cruise 
engine power setting at an airplane Mach number of 0.81 and an altitude of 39,000 ft. The upper surface noise 
levels range from 1 1  1 dB to 13 1 dB. The lower surface noise levels range from 121 dB to 136 dB. This data is 
presented to give an overview of the noise levels measured. The flight-test program resulted in a large data base 
of this type of noise data for a large range of flight conditions and engine power settings. In addition, the spectral 
characteristics of the noise at each microphone location were measured. 
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NORMALIZED OASPL VERSUS FAN MACH NUMBER 
(Forward Surface Microphones) 

114 

Figure 10 shows the relationship of the noise overall sound pressure level (OASPL) to engine power condition 
(MFAN = fan exhaust jet fully expanded Mach number) for one forward surface microphone on the upper 
surface and one on the lower surface. Curves are shown for airplane Mach numbers from MA,  = 0.63 to MA, 
= 0.82. A clear engine power dependence, with very little airplane Mach number dependence, is seen for the 
lower surface microphone. This engine power dependence indicates a dominance of engine noise. The point 
labeled “nacelle spillage” is believed to result from turbulent airflow from the engine nacelle impinging on the 
wing. For this condition the engine was at idle with the airplane in a slight dive to maintain speed. 

The upper surface microphone generally does not show an engine power dependence but does show an 
airplane Mach number dependence. Except for the “nacelle spillage” point the highest noise levels were 
observed for the lowest airplane speed condition. The engine noise is apparently shielded from the microphone 
by the wing surface. The pressure fluctuations that the microphone is responding to are probably related to 
turbulent flow over the microphone. 
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IWISE CHARACTERISTICS AT NLF GLOVE 
UPPER SURFACE LEADING EDGE MICROPHONE 

For the higher Mach number conditions (MAP = 0.8) the boundary layer on the upper glove surface was 
found to be laminar back to 20% t o  30% chord. The high noise levels measured by microphone 5 therefore 
suggest that the microphone or microphone fairing was causing the local boundary layer to become turbulent 
near the microphone. The noise level initially decreases as CL increases. The airplane mach number decreases 
for the higher C,s so that a MAP dependence is possibly influencing the data to some degree. For C, 1 0.62 the 
noise level begins to increase with CL. For these points the hot-film data indicated that the laminar boundary 
layer transition point was very close to the glove leading edge. The increased noise level is probably related to 
this transition. I t  is interesting to note that the one-third octave spectruni \hape for the low Mach number/high 
CL points at microphone 5 (lower left of Figure 1 1 )  is quite different from the higher Mach number cases (lower 
right o f  Figure 1 1 ) .  I t  appears that the boundary-layer transition resulted in lower frequency noise than that due 
to the microphone-generated turbulence. 
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ENGINE NOISE SPECTRA ON LOWER WING SURFACE 

Figure 12 shows narrow band spectra for two microphones on the lower surface of the wing. Measurements 
for a range' of engine power conditions at an airplane Mach number of approximately 0.8 and an altitude of 
approximately 40,500 ft are shown. Tones identifed as originating from the engine fan (IF, 2F, 3F and 4F-fan 
blade passing harmonics) and turbine (T4 and T5-fourth and fifth stage low pressure turbine blade passing 
frequency tones) are clearly seen. Other tones and higher frequency broadband maxima are not identifiable as 
engine related. The low frequency (500 Hz-1000 Hz) broadband noise peak that increases with engine power 
(MFAN) is believed to be due to the interaction of jet exhaust turbulence and shocks. 
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NORMALIZED OASPL VERSUS FAN MACH NUMBER 
(Aft Probe Microphones) 

The aft probe microphones indicate, as did the forward surface microphones, that there is very little engine 
power dependence of the noise levels on the upper surface, but a strong engine power dependence on the lower 
surface. Also, the upper surface data shows a strong airplane Mach number dependence, while the lower surface 
data shows very little airplane Mach number dependence. (Figure 13). 
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EFFECT OF SHOCK LOCATION ON 
UPPER SURFACE NOISE 

The effect of the wing shock location on the upper wing microphone noise spectra measurements is shown in 
Figure 14. As the airplane Mach number is increased from 0.70 to 0.80, the wing shock is shown to move from 
just forward of microphone 7 to just forward of microphone 9. For both microphones, maximum noise levels are 
observed when the shock is just forward of the microphone. At microphone 7 the one-third octave spectrum 
peaks in a much higher frequency range than for microphone 9. This is probably related to the thinner boundary 
layer thickness at microphone 7. The high noise levels observed may be due to boundary layer turbulence 
directly or sound generated by the shock wave interacting with the turbulent boundary layer. The increased 
thickness of the boundary layer behind the shock may have been sufficient to cause high levels of boundary-layer 
pressure fluctuations at the elevated probe microphone as the shock gets closer and stronger with increasing 
airplane Mach number. 
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MICROPHONE 10 MEASURED OASPLs VERSUS 
LOCKHEED PROCEDURE PREDICTIONS 

Predictions of the noise measured by the microphones mounted o n  the lower wing surface were made using 
near-field engine noise and airframe noise prediction methods incorporated into a computer program by the 
Lockheed-Georgia Company under contract to NASA. A description of these methods can be found in Reference 
4. Predicted noise levels for various engine and airframe noise sources are compared to measured noise levels 
for microphone 10 in Figure 15. For one plot the predictions were made using the forward motion corrections 
incorporated into the computer program. High values for the trailing-edge airframe noise component resulted at 
all microphones with these forward motion corrections. The fan jet shock broadband noise component is seen to 
be well predicted at the microphone shown using the forward motion corrections. However, for the leading-edge 
microphones this component over-predicted the data by as much as 40 dB. As a result, predictions were 
calculated with the forward motion corrections not applied. This resulted in much lower predictions for the 
trailing-edge noise at all microphones. The fan jet shock broadband noise prediction increased for the aft probe 
microphones, as shown, and decreased for the forward microphone locations. Overall i t  is felt that more 
accurate predictions resulted without the forward motion corrections. 

At the higher engine power conditions the predictions indicate that the measured noise is predominately due to 
the fan jet shock broadband source. The predicted dependence of the noise from this source on fan exhaust Mach 
number as well as airplane Mach number is consistent with the measurements. For fan exhaust mach numbers 
less than one, the fan jet shock noise source no longer contributes to the engine noise. The predictions shown 
indicate a dominance of turbine noise for these conditions, but narrowband data indicates lower frequency 
broadband noise to be dominant. The prediction method would not give .jet mixing predictions for microphones 
close to the engine but predicted jet rnixing results at the other microphones led to the conclusion that jet mixing 
noise was not an important source. The source of the broadband noise floor at lower engine power settings was 
not identified. 
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MEASURED EXTENT OF LAMINAR FLOW 

The glove design condition was chosen so that a significant extent of laminar flow could be obtained on the 
upper and lower surface simultaneously. Figure 16 shows that at this condition the upper surface had about 2870 
chord laminar flow (4.7 ft) in the inboard portion of the test area, while the lower surface had about 18% chord 
laminar flow (3.0 ft). The decreased extent of laminar flow on the outboard portion of the upper surface was due 
to a peak in the pressure distribution in that area at about 5 % chord. This peak was not predicted by the transonic 
analysis program used to design the glove. This was probably due to the difficulty of modeling the rapid 
planform changes occurring at the outboard edge of the glove. 

The maximum extent of laminar flow on the upper surface (29% chord) occurred at a high Mach number 
condition. The extent of laminar flow was only slightly more than at the design condition. The maximum extent 
of laminar flow on the lower surface (27% chord) occurred at a low Mach, high C, ,  high sideslip condition. The 
high sideslip resulted in an effective sweep reduction that was beneficial in reducing cross-flow instability on the 
lower surface. High sideslip was less beneficial on the upper surface because it increased the peabednessofthe 
pressure distribution. 
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EFFECT OF LIFT COEFFICIENT AND MACH 
NUMBER ON EXTENT OF LAMINAR FLOW 

As shown in Figure 17, at the design Mach number of 0.8, both the upper surface and the lower surface 
performed best at high lift coefficients. The decrease in extent of laminar flow at low lift coefficients was 
probably due to increased ct-o\\- t l o \ b  instability resulting from the decreawd flow acceleration near the leading 
edge at the low lift coefficients. Also, the lower lift  coefficients corresponded to lower altitudes and, therefore, 
higher Reynolds number. 

The upper surface extent of laminar flow exhibited a strong Mach number dependency. The greatest extent of 
laminar flow occurred at the highest Mach number. As the Mach number decreased, a forward pressure peak 
developed along the entire span of the glove that moved the transition location forward. On the lower surface the 
greatest extent of laminar flow was obtained at Mach numbers between 0.75 and 0.78. The Mach number 
dependency on the lower surface was not as strong as on the upper surface. 
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EFFECT OF ENGINE POWER SETTING 
ON EXTENT OF LAMINAR FLOW 

One of the primary objectives of the flight program was to determine the influence of engine noise on 
transition. As discussed previously, the noise measurements indicated that aerodynamic noise is dominant on the 
upper surface of the wing. Therefore, it is not surprising that there does not appear to be a clear correlation 
between the measured upper surface transition location at a given flight condition and the engine power setting, 
as shown in Figure 18. The M = 0.70, CL = 0.64 case does show a small forward shift in the transition location 
at the high power settings. However, as discussed earlier, there does not appear to be any noticeable change in 
engine noise on the upper surface at this Mach number with changes in engine power setting. Therefore, the 
small change in extent of laminar flow (the hot film at 7.5% chord went from turbulent to transitional) at this 
condition may have actually been due to small differences in lift coefficient between the low and high power 
settings. 

The lower surface noise measurements, discussed previously, showed that engine noise is dominant at all 
flight conditions. As shown in Figure 18, the lower surface transition location does show a greater sensitivity to 
the engine power setting than was the case for the upper surface. At most flight conditions. there was 2 %  to 3% 
less laminar flow at the high power settings than at the low power settings. 
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BOUNDARY-LAYER STABILITY ANALYSIS INPUT DATA 

The 757 NLF glove provides a new source for empirical calibration of boundary-layer transition methods. 
Transition prediction methods based on linear boundary layer stability theory are currently the most widely used. 
Therefore, linear boundary-layer stability analysis was applied to twenty-one 757 flight data cases. The first step 
in the analysis of a given case was to generate the boundary-layer data, which consist of the velocity and 
temperature profiles. Figure 19 shows a typical set of flight data frotn which input data to the boundary-layer 
code (which was a Boeing infinite yawed wing compressible boundary-layer program) was generated. This flight 
data consisted of I) the isobar pattern, based on measured pressures at the inboard and outboard locations of the 
glove, together with guidance from the isobars predicted by the transonic analysis code; 2 )  the transition 
location, based on the hot film data; and 3 )  the pressure distribution at the chosen spanwise analysis station, 
interpolated from the measured inboard and outboard pressures in conjunction with the isobar pattern. For most 
cases, WBL 308.5 was the chosen analysis station. For the upper surface, this was usually the location of 
greatest laminar flow extent. It  also was close t o  the inboard pressure measurement station, which minimized 
interpolation uncertainties. 

The sample isobars shown in Figure 19 are typical of many of the uppcr surface cases analyzed. I t  can be seen 
that the isobar sweep in the leading edge region is much lower than that aft of 10% chord. Because of this, two 
separate infinite yawed wing analyses were made, each with a aweep angle representative of one of the two 
regions. The two solutions were then "patched" together in the vicinity of  10% chord. 
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BOUNDARY LAYER STABILITY RESULTS 

The calculated velocity and temperature profiles served as input data to the Boeing stability code (a modified 
version of the Mack code). This program solves the boundary-layer stability equations for three-dimensional, 
linearized, parallel flow in the spatial mode. For each flight condition both Tollmien-Schlichting (T-S) and cross 
flow (C-F) instabilities were analyzed. T-S amplification factors (NTS) were determined by keeping wave angle 
and frequency fixed. For crossflow amplification factors (NCF) the frequency was kept fixed at zero and the 
wave angle varied in accordance with the irrotationality condition(Ref. 5 )  for a fixed spanwise wave number 
component. A range of wave numbers was then analyzed to obtain the envelope of C-F disturbances. Sample 
results for these disturbance growths are shown in Figure 20. These results were then used to plot a trajectory 
curve on the NTS versus NCF plane, as shown. 

The desired result is the N-factor combination at the measured transition location, indicated by the band near 
the end of the trajectory curve, the ends of which represent the location of the last laminar and first turbulent hot 
films. The figure also includes the F-111 transition data band, calculated in a previous study by applying the 
same method to flight data obtained by NASA on an NLF glove on the F-1 1 I airplane (Ref. 6). This F-1 1 I data 
band is the transition criterion that has been used at Boeing for the last several years. 
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Crossflow Tollmien-Schlichting 

Compressible Compressible 
Irrotational IC. = 35 deg 

0 = 0 
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TOLLMIEN-SCHLICHTING TRANSITION N-FACTOR 
VERSUS CROSS -FLOW TRA3SITlOh N-E4CTOR 

From the accumulated flight test data, a total of twenty-one cases were analyzed by the stability code. The 
final results, showing the values of NCF and NTS at transition (based on the middle of the transition uncertainty 
band), were all combined on a single plot, shown in Figure 21. Also included are the points from the previous 
F-11 1 calculations, which tend to fall in a different region of the diagram. The F-1 1 I results had not provided 
any guidance in the low NTS, high NCF region of the diagram. Since this is where the bulk of the 757 data falls, 
the two sets of data complement each other. In the region of overlap between the two sets of data, there is fairly 
good agreement between the results. A band enclosing all of the F-I 1 1  data points and most of the 757 points 
provides a new transition criterion. Two of the 757 points below the band were not included because the degree 
of uncertainty in the measured pressures was higher for these cases than for the other cases. The 757 point above 
the band was not included simply because it lies outside of the region wherc the rest of the data lies. Excluding it 
tends to make the band more conservative. 

0 757 NLF Glove Data 
x F-1 11 NLF Glove Data 
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SUMMARY OF RESULTS 

As a result of the 757 wing noise survey and NLF glove flight test, there now exists a large data base of 
near-field inflight noise measurements on the wing of a commercial transport with wing-mounted 
high-bypass-ratio engines. The data is for a wide range of airplane Mach numbers and altitudes and engine 
power settings. The data shows that aerodynamic noise is the dominant noise source on the upper surface and 
engine noise is the dominant noise source on the lower surface. At cruise, (M = 0.8,  39,000 ft) the upper 
surface OASPLs are 115 dB to 130 dB and the lower surface OASPLs are 120 to 140 dB. 

The transition and noise measurements on the NLF glove show that there is no apparent effect of engine noise 
on the upper surface transition location. On the lower surface, the transition location moved forward 2% to 3% 
chord at most conditions from the engine’s low-power setting to the high-power settings. Since the effect of noise 
on the extent of laminar flow is dependent upon the particular wing design, the lower surface noise effect may be 
larger for other wing designs. 

A boundary layer stability analysis of 21 of the 757 flight data cases showedthat cross-flow disturbanceswere 
the dominant cause of transition at most flight conditions. The results of this analysis provide additional 
calibration data for linear stability-based transition prediction methods. (Figure 22 I .  

Wing noise environment 
First large data base of near-field inflight noise measurements 
On upper surface 

On lower surface 

Aerodynamic noise is the dominant source 
OASPLs at cruise are 115 dB to 130 dB 

Engine noise is the dominant source 
OASPLs at cruise are 120 dB to 140 dB 

No effect on upper surface 
Small effect on lower surface (2% to 3% chord) 
Lower surface effect may be larger for other wing designs 

Cross-flow disturbances were dominant cause of transition at 

Analysis of 21 757 flight cases provides additional calibration 

Effect of engine noise on transition location 

Boundary layer stability analysis 

most flight conditions 

data for transition prediction 

Figure 22 
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VARIABLE-SWEEP TRANSITION FLIGHT EXPERIMENT 

F l i g h t  t r a n s i t i o n  data a p p l i c a b l e  t o  swept wings a t  h igh  subsonic  speeds  are 
needed t o  make v a l i d  assessments  of t h e  p o t e n t i a l  €or n a t u r a l  laminar  f low o r  laminar- 
f low c o n t r o l  f o r  t r a n s p o r t s  of v a r i o u s  s i z e s  a t  v a r i o u s  c r u i s e  speeds. NASA i n i t i a t e d  
t h e  var iable-sweep t r a n s i t i o n  f l i g h t  experiment  (VSTFE) t o  h e l p  e s t a b l i s h  a boundary- 
l a y e r  t r a n s i t i o n  d a t a  base f o r  use i n  laminar-flow wing des ign .  The carr ier  v e h i c l e  
f o r  t h i s  experiment  i s  an F-14 a i r c r a f t ,  which h a s  var iable-sweep c a p a b i l i t y .  The 
var iable-sweep o u t e r  p a n e l s  of t h e  F-14 a i r c r a f t  are b e i n g  modif ied wi th  n a t u r a l  
laminar-flow g loves  t o  p r o v i d e  n o t  o n l y  smooth s u r f a c e s  b u t  a l s o  a i r f o i l s  t h a t  can 
produce  a w i d e  range of p r e s s u r e  d i s t r i b u t i o n s  f o r  which t r a n s i t i o n  l o c a t i o n  can be 
de termined  a t  v a r i o u s  f l i g h t  c o n d i t i o n s  and sweep angles .  As i n d i c a t e d  i n  f i g u r e  1 ,  
t h e  c u r r e n t  p l a n  is t o  f l y  t w o  g loves  i n  t h e  program: g love  I ,  which is a c leanup o r  
smoothing of t h e  basic F-14 wing, and glove 11, which has  been des igned  t o  p r o v i d e  
s p e c i f i c  p r e s s u r e  d i s t r i b u t i o n s  a t  Mach 0.7 ( r e f .  1 ) .  A glove I11 w a s  also des igned  
f o r  Mach 0 . 8  ( r e f .  2 )  b u t  w i l l  probably n o t  be flown (NASA e x p e c t s  t o  lose custody 
of  t h e  F-14 a i r c r a f t  b e f o r e  glove I11 can be f lown) .  The m a j o r i t y  of t h e  glove I 
f l i g h t  tests have been completed,  and glove I1 f l i g h t  tests are p lanned  f o r  s p r i n g  and 
summer of 1987. T h i s  paper b r i e f l y  d e s c r i b e s  t h e  VSTFE program and p r e s e n t s  s o m e  pre- 
l i m i n a r y  glove 1 f l i g h t  r e s u l t s .  

Objective 

F-I 4 Establish boundary-layer 
transition data base for 
laminarmflow wing design 

Upper surface 
I pressure distributions 

M, ==: 0.7 to 0.85 
Sweep==: 1 5 O  to 35" 

6 R, ==:30 x 10 
'max 

xlc 

Figure  1 
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??/TACT NLF GLOVE 

The c a t a l y s t  f o r  t h e  present  VSTFE program was the  encouraging r e s u l t s  from an 
e a r l i e r  NASA f l i g h t  tes t  program, t h  F-I1I/TACT na tu ra l  laminar flow (NLF) experi-  
ment (refs,  3 and 4 ) .  The NLF f l i g h t  tes t  program provided the  f i r s t  d e f i n i t i v e  
f l i g h t  r e s u l t s  on the  e f f e c t s  of wing sweep on boundary-layer t r a n s i t i o n .  A complete 
s u p e r c r i t i c a l  F a i r f o i l  was "gloved" around the  r i g h t  wing panel of t h e  F-lll/TACT 
a i r c ra f t :  ( f i g .  2 ) .  This  glove, made o f  foam and f i b e r g l a s s ,  had a span of approxi- 
mately 6 f t  and a chord of 10 f t .  Although the  glove w a s  designed f o r  a 100 sweep, 
da t a  were obtained a t  sweep angles  a s  high as 2 6 O .  A t  sweep angles near 100, t ran-  
s i t i o n  occurred a t  about 55-percent chord ( t r a n s i t i o n  Reynolds numbers of about 
15 x l o 6 ) ,  b u t  €or a 26' sweep, t r a n s i t i o n  occurred i n  the  10- t o  20-percent chord 
range. In  addi t ion  t o  providing t r a n s i t i o n  data ,  t h i s  program helped develop the  
cons t ruc t ion  techniques f o r  making l a rge  contour modifications t o  metal wings from 
foam and f ibe rg la s s  ( r e f .  5 ) .  

F i g u r e  2 
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F-lIl/TACT NLF ENHANCEMENT O F  BOUNDARY-LAYER 
STABILITY PREDICTION METHODS 

I n  t h e  p a s t ,  semiempirical t r a n s i t i o n  p r e d i c t i o n  methods have  been enhanced  by 
c o r r e l a t i n g  boundary - l aye r  s t a b i l i t y  t h e o r y  w i t h  e x p e r i m e n t a l l y  obtained t r a n s i t i o n  
d a t a  from t h e  F-lll/TACT NLF f l i g h t  tes t  program ( r e f s .  3 and  6 ) .  The c o m p u t a t i o n a l  
a p p r o a c h e s  g e n e r a l l y  u t i l i z e  l i n e a r  n o n i n t e r a c t i n y  boundary - l aye r  s t a b i l i t y  a n a l y s i s  
c o n d u c t e d  for  t h e  T o l l m i e n - S c h l i c h t i n g  (T-S)  and cross-flow (C-F) d i s t u r b a n c e s .  The 
n a t u r a l  l o g  o f  t h e  m o s t  a m p l i f i e d  d i s t u r b a n c e  growth ,  or N fac tor ,  of e a c h  t y p e  is  
t h e n  c o r r e l a t e d  t o  e m p i r i c a l l y  d e r i v e d  l i m i t s  t o  a s s e s s  t h e  l i k e l i h o o d  of  t r a n s i t i o n .  

I n  one  a p p r o a c h ,  ( r e f s .  3 ,  6, and  7 ) ,  a n a l y t i c a l l y  d e r i v e d  TI-S N f a c t o r s  and  
C-F N f a c t o r s  f o r  s t a t i o n a r y  d i s t u r b a n c e s  a r e  c o r r e l a t e d  w i t h  e x p e r i m e n t a l l y  d e r i v e d  
t r a n s i t o n  l o c a t i o n s  o b t a i n e d  from F-lll/TACT NLF r e s u l t s .  The r e s u l t a n t  S-shaped 
( c r o s s - h a t c h e d )  r e y i o n  i n  f i g u r e  3 i n d i c a t e s  t h e  combined T-S and  C-F N-factor v a l u e s  
f o r  which t r a n s i t i o n  is  d e t e r m i n e d  t o  o c c u r .  Consequen t ly ,  t h i s  method predicts  t h a t  
t r a n s i t i o n  w i l l  o c c u r  when any combina t ion  of  T-S arid C-E' N f a c t o r s  r e a c h e s  t h e  v a l u e s  
d e f i n e d  by t h e  S-shaped r e g i o n  i n  f i g u r e  3. 

P r i o r  t o  t h e  F-lll/TACT NLF f l i g h t  e x p e r i m e n t ,  it was s u g g e s t e d  ( r e f .  8 )  t h a t  a 
l i n e a r  c o u p l i n g  e x i s t e d  between T-S and  C-F d i s t u r b a n c e s .  The r e l a t i o n s h i p  be tween 
t h e  l i n e a r  c o u p l i n g  and  t h e  S-shaped F-11l/TACT NLF c r i t e r i a  i n d i c a t e s  t h a t  t h e  
a d v e r s e  e f f e c t  of  winy sweep i s  n o t  as s e v e r e  a t  h i y h e r  sweep a n g l e s  as  had  been  
o r i g i n a l l y  assumed. 

Another  approach  ( r e f .  9 )  a lso  u s e s  l i n e a r  n o n i n t e r a c t i n g  boundary - l aye r  sta- 
b i l i t y  t h e o r y .  However, t h e  c a l c u l a t i o n s  are  conduc ted  f o r  s t a t i o n a r y  and  non- 
s t a t i o n a r y  C-F and  T-S d i s t u r b a n c e s ,  and  t r a n s i t i o n  i s  presumed t o  o c c u r  when growth 
o f  e i t h e r  d i s t u r b a n c e  h a s  r e a c h e d  a c e r t a i n  N f a c t o r .  S o m e  p r e v i o u s  c o r r e l a t i o n s  
( refs .  10 and 1 1 )  w i t h  e x p e r i m e n t a l  data i n d i c a t e  t h a t  t h e  v a l u e  of  N a t  t r a n s i t i o n  
s h o u l d  be i n  t h e  r a n g e  of  9 t o  12 i f  a l l  var iab les  are t a k e n  i n t o  a c c o u n t .  

The F-lll/TACT NLF e x p e r i m e n t  w a s  o r i g i n a l l y  d e s i g n e d  €or a l ead ing -edge  sweep of 
1 0 " .  The d a t a  were o b t a i n e d  €or o n l y  one  a i r f o i l  s h a p e ,  and d a t a  d e f i n i n g  t h e  l o w e r  
r i g h t - h a n d  p o r t i o n  of t h e  S-shaped c u r v e  w e r e  l i m i t e d .  More €allow-on v a r i a b l e - s w e e p  
e x p e r i m e n t a l  data  were needed f o r  d i f f e r e n t  a i r f o i l  shapes .  U n f o r t u n a t e l y ,  t h e  F-111 
a i r c r a f t  used  f o r  t h e  p r e v i o u s  e x p e r i m e n t  was commit ted t o  a n o t h e r  program and  w a s  
u n a v a i l a b l e  f o r  l amina r - f low e x p e r i m e n t s .  Consequent.l.y, a n o t h e r  v a r i a b l e - s w e e p  
a i r c r a f t  was s o u g h t .  

F i g u r e  3 
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F-111ITACT NLF ENHANCEMENT OF BOUNDARY-LAYER 
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F- 14 VSTFE AIRCEiAFT DESCRIPTION 

An F-14 a i r c r a f t  was chosen a s  the  c a r r i e r  vehic le  f o r  the VSTFE program, pri-  
marily because of i t s  variable-sweep capab i l i t y ,  Mach and Reynolds number capab i l i t y ,  
a v a i l a b i l i t y ,  and favorable  wing pressure  d i s t r i b u t i o n  ( r e f .  1 2 ) .  A laminar-flow 
glove (glove I) w a s  i n s t a l l e d  on the  upper sur face  of the  l e f t  wing panel  ( f i g .  4 ) .  
The s tandard radome on the  a i r c r a f t  w a s  replaced with a f l i g h t  tes t  radome t h a t  
incorporated a f l i g h t - t e s t - q u a l i t y  P i t o t - s t a t i c  probe equipped with alpha and beta  
vanes ( r e f .  13) .  The cockpit  of the  a i r c r a f t  was equipped with a s p e c i a l  d i sp l ay  
t h a t  allowed f o r  t r a j e c t o r y  guidance s igna l s  t o  be uplinked and displayed t o  t h e  
p i l o t  i n  real t i m e  ( r e f .  14) .  With the  laminar-flow glove i n s t a l l e d ,  the wing sweep 
c a p a b i l i t y  w a s  r e s t r i c t e d  t o  a range of 20° t o  35O leading-edge sweep, and t h e  f l a p s  
and s l a t s  w e r e  locked i n  an up pos i t ion .  The bas ic  a i r c r a f t  glove vanes were disabled 
f o r  these  f l i g h t  tests. A 1 5 O  leading-edge sweep was simulated by s i d e s l i p p i n g  t h e  
a i r c r a f t  5 O  a t  20°  sweep, r e s u l t i n g  i n  an equivalent  sweep of 1 5 O .  

Figure 4 
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GLOVE I CONSTRUCTION 

Glove I w a s  i n s t a l l e d  t o  p r o v i d e  an  e q u i v a l e n t  " s a i l p l a n e  f i n i s h "  on t h e  e x i s t i n g  
F-14 wing. I t  w a s  determined t h a t  t h e  e x t r a  t h i c k n e s s  of t h e  g love  would have only  a 
minor i n f l u e n c e  on t h e  p r e s s u r e  d i s t r i b u t i o n  shape  o r  th ickness /chord  ra t io .  The 
g love  wraps around t h e  wing l e a d i n g  edge ( d i s a b l i n g  leading-edge s la t s ) ,  e x t e n d s  a f t  
t o  j u s t  forward of t h e  s p o i l e r  h inge  l i n e  (approximate ly  60-percent  c h o r d ) ,  and 
c o v e r s  m o s t  of t h e  span ( f i g .  5 ) .  The g love  w a s  c o n s t r u c t e d  by a p p l y i n g  a c o n s t a n t -  
t h i c k n e s s  foam and f i b e r g l a s s  s u r f a c e  over t h e  e x i s t i n g  wing s k i n  ( a  method s imilar  
t o  t h a t  d e s c r i b e d  i n  r e f .  5). The glove w a s  approximately 0.65 i n  t h i c k ,  i n i t i a l l y  
consisting of one l a y e r  of f i b e r g l a s s ,  0.5 i n  of po lyure thane  foam, s i x  l a y e r s  of 
f i b e r g l a s s ,  and a f i n i s h  of p o l y e s t e r  body f i l l e r  and p a i n t .  During t h e  f l i g h t  enve- 
lope v e r i f i c a t i o n  f l i g h t s ,  s m a l l  s u r f a c e  c r a c k s  developed i n  t h e  glove.  These c r a c k s  
p r o b a b l y  r e s u l t e d  from l a t e ra l  s t i c k  rap maneuvers performed f o r  s t r u c t u r a l  e x c i t a -  
t i o n  d u r i n g  t h e  f l u t t e r  c l e a r a n c e  phase  of t h e  f l i g h t  test .  To repair t h e s e  c r a c k s ,  
one a d d i t i o n a l  l a y e r  of f i b e r g l a s s  w a s  a p p l i e d  over  t h e  s u r f a c e  of t h e  glove.  The 
f i n a l  glove i n c o r p o r a t e d  t h i s  one a d d i t i o n a l  l a y e r  of f i b e r g l a s s  and a f i n i s h  of 
p o l y e s t e r  body f i l l e r  and p a i n t .  

Total thickness = 0.65 in 1 
surface termination 

surface termination 
X / C  = 0.05 

One layer 

Foam 1/2  in thick 

Figure 5 
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GLOVE I WAVINESS MEASUREMENTS 

F i g u r e  6 p r e s e n t s  s u r f a c e  c u r v a t u r e  measurements for  t h r e e  wing s t a t i o n s  on 
g love  I. These measurements were t a k e n  w i t h  t h e  wing unloaded ( z e r o  l o a d )  and w i t h  
t h e  wing jacked from t h e  l o w e r  s u r f a c e  t o  s i m u l a t e  a 1-g loaded  c o n d i t i o n ,  which w a s  
t h e  c o n d i t i o n  f o r  m o s t  of t h e  f l i g h t  tests. The measurements w e r e  o b t a i n e d  w i t h  a 
mechanical  d e f l e c t i o n  d i a l  gauge having s u p p o r t  f e e t  2-in apart. The d i a l  gauge was 
equipped wi th  a wheel from which t h e  d i s t a n c e  a l o n g  t h e  glove s u r f a c e  could  be d e t e r -  
mined. The o u t p u t s  from both t h e  d i a l  gauge and t h e  wheel were a u t o m a t i c a l l y  p l o t -  
t e d  when t h e  u n i t  w a s  manually moved a c r o s s  t h e  s u r f a c e .  Because of t h e  l o n g  chord 
l e n g t h s  involved,  two people  were r e q u i r e d  t o  make t h e  measurements; t h i s  r e s u l t e d  
i n  an apparent  roughness  a t  t h e  gauge "handoff" l o c a t i o n s .  I n  g e n e r a l ,  t h e  glove 
i s  n o t  as smooth i n  t h e  s imula ted  1-g loaded c o n d i t i o n  as  i n  t h e  unloaded c o n d i t i o n ;  
however, even f o r  t h i s  c a s e ,  t h e  wave ampl i tudes  a r e  w i t h i n  0 .002  i n / i n ,  t h e  c r i te -  
r i o n  s p e c i f i e d  f o r  glove c o n s t r u c t i o n .  
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GLOVE I PLANFORM AND INSTRUMENTATION 

The glove w a s  i n s t r u m e n t e d  as shown i n  f i g u r e  7. All s i g n a l s  from t h e  i n s t r u m e n t s  
were r eco rded  onboard t h e  a i r c r a f t ,  and most were downlinked t o  a ground s t a t i o n  f o r  
real-time d i s p l a y  and r e c o r d i n g .  D a t a  from t h e  p i t o t  t u b e s ,  dynamic t r a n s d u c e r s ,  
s t r a i n g a u q e s ,  s k i n  t e m p e r a t u r e  gauges,  or accelerometers are  n o t  d i s c u s s e d  i n  t h i s  
paper. The t h r e e  r o w s  of s u r f a c e  p r e s s u r e  o r i f i c e s  w e r e  l o c a t e d  a t  b u t t  l i n e  sta- 
t i o n s  of 2 0 0 ,  2 6 0 ,  and 320.  The o r i f i c e s  w e r e  d r i l l e d  th rough  t h e  glove s u r f a c e  i n t o  
s m a l l  c a v i t i e s  b u i l t  i n t o  t h e  glove.  P r e s s u r e  l i n e s  were r o u t e d  i n t e r n a l l y  t h r o u g h  t h e  
g l o v e  t o  lower s u r f a c e  wing compartments, where t h e  t r a n s d u c e r s  were l o c a t e d .  Each 
boundary-layer  r a k e  c o n s i s t e d  of 20 p i t o t  t u b e s  d i s t r i b u t e d  a l o n g  a 4- in  s t r u t ,  which 
w a s  s l a n t e d  30° from t h e  s u r f a c e  of t h e  glove.  P r e s s u r e  l i n e s  were r o u t e d  i n t e r n a l l y  
t h r o u g h  t h e  glove t o  t h e  lower s u r f a c e  wing c o m p a r t m e n t s .  

The l o c a t i o n s  of t h e  f i v e  h o t - f i l m  gauges v a r i e d  from f l i g h t  t o  f l i g h t .  Each w a s  
o r i e n t e d  streamwise t o  t h e  f low f o r  a wing sweep of 20°. T o  a l l e v i a t e  i n t e r f e r e n c e  
between t h e  h o t - f i l m  gauges,  t h e y  w e r e  p l a c e d  a l o n g  a l i n e  o r i e n t e d  30°  t o  each or i -  
f i c e  r o w  (30° t o  t h e  s t r e a m l i n e  a t  20° sweep).  E l e c t r i c a l  wires from t h e  h o t - f i l m  
gauges were r o u t e d  e x t e r n a l l y  a l o n g  t h e  glove s u r f a c e  t o  wing compartments. Addi- 
t i o n a l l y ,  t h e  o u t p u t  s i g n a l s  were monitored i n  rea l  t i m e  i n  t h e  F-14 c o c k p i t  u s i n g  an 
i n t e r c o m  a u d i o  system. T h i s  system a l lowed  t h e  p i l o t  t o  a f f e c t  t r a n s i t i o n  l o c a t i o n  
t h r o u g h  t h e  m o d i f i c a t i o n  of e i t h e r  f l i g h t  p a t h  or wing sweep. 
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FLIGHT TEST ENVELOPE 

I n i t i a l  f l i g h t s  w e r e  des igned  t o  clear an o p e r a t i n g  envelope t h a t  w a s  f r e e  from 
f l u t t e r  and t o  o b t a i n  an a i r s p e e d  c a l i b r a t i o n .  F l u t t e r  d a t a  were o b t a i n e d  d u r i n g  
s t a b l e  Mach number and a l t i t u d e  c o n d i t i o n s  u s i n g  c o n t r o l  raps and n a t u r a l  t u r b u l e n c e  
f o r  v e h i c l e  e x c i t a t i o n .  Airspeed c a l i b r a t i o n  data w e r e  o b t a i n e d  from an  a c c e l e r a t i o n -  
d e c e l e r a t i o n  method and tower f l y b y s  ( r e f s .  15 and 16).  Maximum a i r s p e e d  l i m i t  on 
t h e  a i r c r a f t  with t h e  glove i n s t a l l e d  w a s  450 k n o t s  i n d i c a t e d  airspeed or Mach 0 . 9 ,  
whichever  occurred  f i r s t  ( f i g .  8 ) .  Reynolds number could be v a r i e d  from approximate ly  
1 .O x l o6  f t ' l  t o  4.0 x lo6 f t - l ,  or a minimum and maximum chord Reynolds number of 

5.0 x lo6 t o  34.0 x l o 6 ,  r e s p e c t i v e l y .  
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TYPICAL FLIGHT TEST MANEUVERS AND 
UPPER SURFACE PRESSURE DISTRIBUTIONS 

Laminar-flow d a t a  f l i g h t s  were conducted w i t h i n  t h e  c l e a r e d  envelope.  First ,  
c o a r s e - r e s o l u t i o n  s u r v e y  f l i g h t s  w e r e  conducted,  fo l lowed  by more d e t a i l e d  s u r v e y s  
t o  e s t a b l i s h  t r a n s i t i o n  l o c a t i o n  as a f u n c t i o n  of  wing sweep, a n g l e  of  a t t a c k ,  Mach 
number, and Reynolds number ( a l t i t u d e ) .  Maneuvers performed d u r i n g  t h e  c o a r s e -  
r e s o l u t i o n  s u r v e y  f l i g h t s  c o n s i s t e d  p r i m a r i l y  of t r i m  p o i n t s  and l e v e l  t u r n s .  The 
l e v e l  t u r n s  were used to  o b t a i n  d a t a  a t  greater than  1-g t r i m  a n g l e  of  a t t a c k ,  par- 
t i c u l a r l y  a t  l o w  a l t i t u d e s  (h igh  dynamic p r e s s u r e ) .  F i g u r e  9 p r e s e n t s  t y p i c a l  b u t t  
l i n e  (B .L . )  260 (middle t e s t  s e c t i o n )  p r e s s u r e  d i s t r i b u t i o n s  a t  t r i m  a n g l e  of a t t a c k  
and Mach numbers of 0 . 7  and 0.8. The m o s t  n o t a b l e  c h a r a c t e r i s t i c  is t h e  change i n  
t h e  leading-edge p r e s s u r e  g r a d i e n t  ACP/A(x/c) and p r e s s u r e  d i s t r i b u t i o n  shape  w i t h  
Mach number. A t  Mach 0.7 t h e  g r a d i e n t  i s  less s t e e p  and becomes m i l d l y  a d v e r s e  n e a r  
30-percent  chord ( x / c  = 0.3), whereas a t 'Mach 0.8 t h e  f a v o r a b l e  pressure g r a d i e n t  i s  
much steeper and e x t e n d s  t o  50-percent  chord ( x / c  = 0.51, where a shock wave occurs. 
One u n d e s i r a b l e  c h a r a c t e r i s t i c  of t h e  pressure d i s t r i b u t i o n  a t  Mach 0.7 i s  t h e  f o r -  
ma t ion  o f  a n  a d v e r s e  pressure g r a d i e n t  n e a r  t h e  l e a d i n g  edge w i t h  i n c r e a s i n g  a n g l e  o f  
a t t a c k .  T h i s  a d v e r s e  g r a d i e n t  p r e c l u d e s  laminar  f l o w  a f t  of t h e  l e a d i n g  edge r e g i o n .  
However, i t  w a s  p o s s i b l e  t o  a l l e v i a t e  t h e s e  u n d e s i r a b l e  c h a r a c t e r i s t i c s  by  pe r fo rming  
a pushover maneuver, as d e s c r i b e d  i n  t h e  d i s c u s s i o n  of f i g u r e  10. 
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PUSHOVER MANEUVER 

A t  c e r t a i n  combinat ions of Mach number, wing sweep, and a l t i t u d e ,  it w a s  necessa ry  
t o  perform a pushover  maneuver t o  o b t a i n  a s u i t a b l e  p r e s s u r e  d i s t r i b u t i o n  on t h e  glove.  
A smooth pushover  maneuver t h a t  f u l f i l l e d  t h e s e  r equ i r emen t s  was developed. F i g u r e  10 
shows t y p i c a l  t i m e  h i s t o r i e s  of a n g l e  of a t t a c k ,  a l t i t u d e ,  and Mach number d u r i n g  such  
a pushover  maneuver. For t h i s  example, t r i m  a n g l e  of a t t a c k  w a s  app rox ima te ly  2 . 0 ° ,  
and  d e s i r e d  a n g l e  of a t tack  w a s  0.5O. The maneuver w a s  s t a r t e d  w i t h  a p u l l u p  a t  a 
f l i g h t  c o n d i t i o n  s l i g h t l y  below t h e  d e s i r e d  a l t i t u d e  a n d  s l i g h t l y  above t h e  t e s t  Mach 
number. The p u l l - u p  w a s  fol lowed by a pushover t o  t h e  d e s i r e d  a n g l e  of a t t a c k ,  and. 
c o n d i t i o n s  were ma in ta ined  for  approx ima te ly  10 sec b e f o r e  a r ecove ry  p u l l o u t  w a s  
i n i t i a t e d .  The a b i l i t y  t o  deve lop  and pe r fo rm t h i s  maneuver was a t t r i b u t e d  primar- 
i l y  t o  t h e  real-t ime c o c k p i t  d i s p l a y .  
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HOT-FILM ANEMOMETER AND 
PRESSURE DISTRIBUTION RESULTS 

signal 

I 

I I 
, 

1 I 

Hot-fi lm anemometer i n t e r p r e t a t i o n  w a s  t h e  pr imary  method f o r  de te rming  t r a n s i -  
t i o n  l o c a t i o n .  T y p i c a l l y  t h e  hot - f i lm gauges were l o c a t e d  a t  lo- ,  20-, 30- ,  40- ,  and 
50-percent  chord on a p a r t i c u l a r  t es t  s e c t i o n .  Outputs  w e r e  p l o t t e d  on a s tr ip c h a r t  
a s  f u n c t i o n s  of time. Two t y p e s  of t i m e  h i s t o r i e s  were obta ined:  One c o n s i s t e d  of 
low-frequency response p l o t s  d i s p l a y e d  i n  real  t i m e  i n  t h e  ground s t a t i o n .  The o t h e r  
c o n s i s t e d  of high-frequency response  p lo ts  t h a t  w e r e  made p o s t f l i g h t .  S i g n a l s  o r i g i -  
n a t i n g  i n  a r e a s  of laminar  f l o w  were of lower ampl i tude  or q u i e t e r  t h a n  t h o s e  o r i g i -  
n a t i n g  i n  areas of t u r b u l e n t  f low (fig. 1 1 ) .  A d d i t i o n a l  i n d i c a t o r s  were s p i k e s  i n  
t h e  o u t p u t  s i g n a l ;  s p i k e s  i n  a d i r e c t i o n  of p o s i t i v e  v o l t a g e  i n d i c a t e d  a most ly  l a m i -  
n a r  s i g n a l  w i t h  o c c a s i o n a l  t u r b u l e n t  b u r s t s ,  and spikes  i n  a d i r e c t i o n  of n e g a t i v e  
v o l t a g e  i n d i c a t e d  a mostly t u r b u l e n t  s i g n a l  with o c c a s i o n a l  laminar  b u r s t s .  Maximum 
o c c u r r e n c e  of t h e s e  s p i k e s  w a s  a t  peak t r a n s i t i o n ,  or t h e  r e g i o n  where t h e  f l o w  is 
m o s t  u n s t a b l e .  The real-t ime ground s t a t i o n  p lo ts  w e r e  g e n e r a l l y  a c c e p t a b l e  f o r  
de te rmining  t r a n s i t i o n  l o c a t i o n ;  however, i n  some cases t h e  high-frequency r e s p o n s e  
p l o t s  were needed f o r  c l a r i f i c a t i o n .  
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DETERMINING TRANSITION LOCATION 
FROM BOUNDARY-LAYER ~ A R U ~ ~ E N T S  

Boundary-layer p r o f i l e  measurements w e r e  used as a secondary source f o r  deter- 
mining approximate t r a n s i t i o n  l o c a t i o n  and as a source f o r  determining s k i n - f r i c t i o n -  
related parameters.  T r a n s i t i o n  l o c a t i o n  w a s  determined by measuring t h e  boundary- 
l a y e r  t h i ckness  6 as a func t ion  of angle  of a t tack f o r  a given sweep angle ,  Mach 
number, and a l t i t u d e  a t  va r ious  forced  t r a n s i t i o n  l o c a t i o n s .  Comparing t h e  c l e a n  
wing r e s u l t s  ( n a t u r a l  t r a n s i t i o n )  wi th  t h e  c a l i b r a t i o n  d a t a  (where t r a n s i t i o n  w a s  
f o rced  with g r i t  s t r i p s  us ing  t h e  method descr ibed  i n  r e f .  17)  provided an  ind ica-  
t i o n  of t h e  e x t e n t  of laminar flow achieved on t h e  t es t  s e c t i o n  ( f i g .  1 2 ) .  

in 6 ,  

A =  25' 

.4 .6 .8 1.0 1.2 1.4 1.6 1.8 2.0 2.2 
a, 

Figure 1 2  
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FLOW VISUALIZATION RESULTS 

A f low v i s u a l i z a t i o n  t e c h n i q u e  u t i l i z i n g  l i q u i d  c r y s t a l s  provided encouraging  
r e s u l t s .  The t e c h n i q u e  w a s  s imi l a r  t o  t h a t  d e s c r i b e d  i n  r e f e r e n c e  18; a l i q u i d  
c r y s t a l  chemical  i n  an o i l  base w a s  applied w i t h  a brush  t o  t h e  wing g love  s u r f a c e  
p r ior  to  t a k e o f f .  However, t h e  chemica ls  used i n  t h i s  case were p r i m a r i l y  s e n s i t i v e  
t o  s h e a r .  These chemicals  provided  r e s u l t s  o v e r  a wider  a l t i t u d e  and speed range  
t h a n  t h e  t e m p e r a t u r e - s e n s i t i v e  chemica ls  used i n  r e f e r e n c e  18. 

For  t h e  flow v i s u a l i z a t i o n  f l i g h t s ,  t h e  middle  tes t  s e c t i o n  ( s t a t i o n  2 )  w a s  re- 
f i n i s h e d  w i t h  b lack  p a i n t  t o  p r o v i d e  c o n t r a s t  w i t h  t h e  l i q u i d  c r y s t a l s .  Photographs 
of  t h e  l i q u i d  c r y s t a l  p a t t e r n s  were t a k e n  f r o m  a chase  a i r c r a f t  f l y i n g  i n  close f o r -  
mat ion.  F i g u r e  13 p r e s e n t s  a photograph o€ t h e  l i q u i d  c r y s t a l  p a t t e r n s  on t h e  middle 
t e s t  s e c t i o n  a long  w i t h  p r e s s u r e  d i s t r i b u t i o n  and hot - f i lm anemometer traces f o r  
Mach 0 .7 ,  an a l t i t u d e  of 20 ,000  f t ,  and an e q u i v a l e n t  wing sweep of 15O. The c o n t r a s t  
change appears i n  t h e  photo  a t  35-percent chord,  i n d i c a t i n g  an abrupt change from 
l a m i n a r  t o  t u r b u l e n t  flow. A wedge-shaped p a t t e r n  emanates from t h e  leading-edge 
r e g i o n  n e a r  t h e  outboard  p o r t i o n  of t h e  t es t  s e c t i o n .  The wedge is a s m a l l  r e g i o n  of 
t u r b u l e n t  f l o w  b e l i e v e d  t o  be caused by a s u r f a c e  d i s c o n t i n u i t y ,  such as d i r t  or an 
i n s e c t  impact. The wedge is  l o c a t e d  forward of t h e  30-percent  chord  h o t - f i l m  gauge 
w i t h  t h e  edge of t h e  wedge n e a r  t h e  20-percent  chord  hot - f i lm gauge. The photo- 
g r a p h i c  o b s e r v a t i o n s  are c o n s i s t e n t  w i t h  i n f o r m a t i o n  from t h e  p r e s s u r e  d i s t r i b u -  
t i o n  and hot - f i lm anemometer traces. The p r e s s u r e  d i s t r i b u t i o n  shows an a d v e r s e  
p r e s s u r e  g r a d i e n t  beginning  a t  about  30-percent  chord,  i n d i c a t i n g  t h a t  t h e  laminar  
boundary l a y e r  e x i s t s  approximately 5-percent  chord beyond t h e  b e g i n n i n g  of t h e  
a d v e r s e  g r a d i e n t .  The hot - f i lm anemometer traces i n d i c a t e  a laminar  s i g n a l  a t  
10-percent  chord,  an  i n t e r m i t t e n t  ( b u t  most ly  l a m i n a r )  s i g n a l  a t  20- and 30-percent  
chord,  and a t u r b u l e n t  s i g n a l  a t  40- and 50-percent  chord. The i n t e r m i t t e n t  s i g n a l  
p r o b a b l y  r e s u l t s  from t h e  t u r b u l e n t  wedge. 
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presen t s  ano the r  photograph of t h e  Liquid crystal .  pat-terras on t h e  
middle t e s t  s e c t i o n  with t h e  corresponding p res su re  d i s t r i b u t i o n  and hot - f i lm ane- 
mometer trace for Mach 0 .8 ,  an a l t i t u d e  of 25,000 ft, and a wing sweep of 2 0 ° ,  The 
c o n t r a s t  change i n  t h i s  photograph occurs  i n  a sawtooth p a t t e r n  between 10- and 20- 
p e r c e n t  chord, This  i n d i c a t e s  spanwise v a r i a t i o n  from laminar  t o  t u r b u l e n t  flow. 
The p r e s s u r e  d i s t r i b u t i o n  shows a f avorab le  pressure g r a d i e n t  e x i s t i n g  t o  about  50- 
p e r c e n t  chard,  i n d i c a t i n g  t h a t  t h e  la-minar boundary l a y e r  undergoes t r a n s i t i o n  f o r -  
ward of t h e  adverse g rad ien t ,  which i s  t h e  l i k e l y  r e s u l t  of c r o s s  flow. The hot - f i lm 
anemometer t r a c e s  i n d i c a t e  a laminar s i g n a l  a t  IO-percent chord and t u r b u l e n t  s i g n a l s  
a t  20-, 30-, 40-, and 50-percent chord. The traces are c o n s i s t e n t  wi th  t h e  l i q u i d  
c r y s t a l  p a t t e r n .  
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TYPICAL DETERMINATION 
OF TRANSITION LOCATION 
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Using h o t - f i l m  anemometer and boundary-layer measurements, t r a n s i t i o n  l o c a t i o n  
w a s  p lot ted as a f u n c t i o n  of a n g l e  of a t t a c k .  F i g u r e  15 shows a t y p i c a l  t r a n s i t i o n  
l o c a t i o n  p l o t  a t  Mach 0.7, an a l t i t u d e  of 35,000 f t ,  and a wing sweep of 20°  f o r  t h e  
t h r e e  t e s t  s e c t i o n s  of t h e  glove. The chord  l o c a t i o n  of t h e  beginning  of t h e  a d v e r s e  
g r a d i e n t ,  shown as a dashed l i n e  i n  t h e  f i g u r e ,  w a s  o b t a i n e d  from a n a l y s i s  of d a t a  
such  as t h o s e  p r e s e n t e d  i n  f i g u r e  9. For t h e  middle and outboard  tes t  s e c t i o n s  ( s ta -  
t i o n s  2 and 31, t r a n s i t i o n  o c c u r r e d  a t  40- t o  50-percent  chord (x/c  = 0.4 t o  0 . 5 )  f o r  
a n g l e s  of a t t a c k  below about  1.75O. The scatter i n  t h e  d a t a  a t  s t a t i o n  2 f o r  t h e  
more a f t  t r a n s i t i o n  l o c a t i o n  (x/c  = 0.4) was t y p i c a l l y  25-percent chord. I t  is  i n t e r -  
e s t i n g  t o  note  t h a t  t r a n s i t i o n  o c c u r r e d  approximately 10-percent chord a f t  of t h e  
a d v e r s e  p r e s s u r e  g r a d i e n t  on t h e  middle and outboard  test  s e c t i o n s .  The m o s t  a f t  
t r a n s i t i o n  on t h e  i n b o a r d  s e c t i o n  o c c u r r e d  a t  s l i g h t l y  greater t h a n  30-percent chord 
( x / c  = 0.3) .  On a l l  t h r e e  t e s t  s e c t i o n s  t h e  d a t a  i n d i c a t e  a forward movement of 
t r a n s i t i o n  l o c a t i o n  w i t h  i n c r e a s i n g  a n g l e  of a t t a c k .  T h i s  is a t t r i b u t e d  t o  t h e  pre-  
v i o u s l y  mentioned l o c a l i z e d  a d v e r s e  p r e s s u r e  g r a d i e n t  t h a t  o c c u r s  w i t h  i n c r e a s i n g  
a n g l e  of a t t a c k .  For example, a t  t h e  middle t e s t  s e c t i o n  ( s t a t i o n  2 1 ,  f o r  t h i s  Mach 
number and wing sweep, a s t r o n g  a d v e r s e  p r e s s u r e  g r a d i e n t  formed a t  a b o u t  20-percent  
chord  f o r  1.75O a n g l e  of a t t a c k ,  moving t h e  t r a n s i t i o n  l o c a t i o n  t o  about  t h e  20- 
p e r c e n t  chord (x /c  = 0 . 2 )  l o c a t i o n .  

- 
Station 3 

-\ \ 
\ - 

- 
\ 
\ 
\ 
\ - 
\--. 

I 1 I 

I t  should  be noted  t h a t  t h e  Mach 0 . 8  p r e s s u r e  d i s t r i b u t i o n ,  as shown i n  f i g u r e  9 ,  
p r o v i d e d  a f a v o r a b l e  p r e s s u r e  g r a d i e n t  e x t e n d i n g  t o  about  50-percent  chord  (x /c  = 
0.5), where a shock wave occurred .  The p o s i t i o n  and s t e e p n e s s  of t h e  a d v e r s e  lead ing-  
edge g r a d i e n t  c o u l d  be c o n t r o l l e d  i n  f l i g h t  w i t h  Mach number, w i t h i n  t h e  range of 
t h e  Mach 0.7 and 0.8 p r e s s u r e  d i s t r i b u t i o n s  shown i n  f i g u r e  9. 

0 Hot-film data 
0 Boundary-layer data 

Figure  15 
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EFFECT OF WING SWEEP ON 
TRANSITION LOCATION AT MACH 0.7 

F i g u r e  16 p r e s e n t s  t h e  m o s t  a f t  or optimum* t r a n s i t i o n  l o c a t i o n  as a f u n c t i o n  of 
wing sweep for  t w o  a l t i t u d e s a t  Mach 0.7.  The d a t a  w e r e  o b t a i n e d  from r e s u l t s  t y p i c a l  
o f  t h o s e  p r e s e n t e d  i n  f i g u r e  15 a t  t h e  a n g l e  of a t t a c k  a t  which t h e  most a f t  t r a n s i -  
t i o n  occurred .  For  example, a t  35,000 f t  f o r  t h e  midd le  and outboard  t e s t  sect ions 
( s t a t i o n s  2 and 3 ) ,  t h e  t r a n s i t i o n  l o c a t i o n  varied from 45-percent  chord  a t  200 wing 
sweep, t o  35-percent chord  a t  35O wing sweep. For t h e  i n b o a r d  t e s t  section (s ta-  
t i o n  1 1 ,  t r a n s i t i o n  l o c a t i o n  v a r i e d  f r o m  32-percent  chord  a t  2 0 °  wing sweep t o  10- 
p e r c e n t  chord a t  35O wing sweep. The more forward  t r a n s i t i o n  l o c a t i o n  on t h e  i n b o a r d  
t e s t  s e c t i o n  i s  a t t r i b u t e d  t o  a less f a v o r a b l e  p r e s s u r e  d i s t r i b u t i o n  and  i n c r e a s e d  
c h o r d  Reynolds number. 

* optimum r e f e r s  t o  t h e  most a f t  t r a n s i t i o n  l o c a t i o n  observed from hot - f i lm ane- 
m o m e t e r  and boundary-layer measurements a t  t h e s e  c o n d t i o n s  (Mach number and wing 
sweep), but  n o t  n e c e s s a r i l y  t h e  m o s t  a f t  o b t a i n e d  a t  o t h e r  c o n d i t i o n s  ( o t h e r  
Mach numbers and wing sweeps). 

M = 0.7 
0 35,000 ft (Relft = 1.7 x lo6) 

0 20,000 ft (Relft = 3.0 x lo6) 

Station 1 
(Inboard test 

section) 
- 

15 20 25 30 35 
Wing sweep, deg 

Station 2 
(Middle test 

section) r 

15 20 25 30 35 
Wing sweep, deg 

Figure  16 

Station 3 
(Outboard test 

section) 

15  20 25 30 35 
Wing sweep, deg 
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EFFECT OF WING SWEEP ON 
TRANSITION LOCATION AT MACH 0.8 

F i g u r e  17 p r e s e n t s  optimum t r a n s i t i o n  l o c a t i o n  as  a f u n c t i o n  of  wing sweep f o r  
t w o  a l t i t u d e s  a t  Mach 0 . 8 .  The r e s u l t s  are  g e n e r a l l y  similar t o  t h o s e  p r e s e n t e d  i n  
f i g u r e  16, w i t h  t h e  e x c e p t i o n  t h a t  wing sweep h a s  a more pronounced  e f f e c t  on t r a n -  
s i t i o n  l o c a t i o n .  Fo r  example,  on t h e  middle  test  s e c t i o n  ( s t a t i o n  2 )  t r a n s i t i o n  is  
a f t  of 50-pe rcen t  c h o r d  a t  20° wing sweep and  moves f o r w a r d  t o  10-pe rcen t  c h o r d  a t  
3 5 O  wing sweep. The i n c r e a s e d  e f f e c t  of sweep i s  a t t r i b u t e d  t o  t h e  steeper l e a d i n g -  
e d g e  p r e s s u r e  g r a d i e n t  a t  Mach 0 .8 ,  which i n c r e a s e s  t h e  l i k e l i h o o d  of c ros s - f low-  
t y p e  d i s t u r b a n c e s .  

M = 0.8 
0 35,000 ft (Relft = 2.0 x lo6) 
0 20,000 ft  (Relft = 3.3 x lo6) 

- Station 1 
(Inboard test 

sect ion ) 

- Station 2 
(Middle test 

Station 3 
(Outboard test 

i section) 

- 
I 

15 20 25 30 35 
Wing sweep, deg 

15 20 25 30 35 
Wing sweep, deg 

15 20 25 30 35 
Wing sweep, deg 

Figure  17 
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TRANSITION REYNOLDS NUMBER 
A S  A FUNCTION OF WING SWEEP 

F i g u r e  18 p r e s e n t s  t r a n s i t i o n  Reynolds number as a f u n c t i o n  of wing sweep a t  
Mach 0.7 and 0 .8 .  
o c c u r s  on t h e  middle t e s t  s e c t i o n  a t  a wing sweep of 1 5 O  f o r  bo th  Mach 0.7 and 0 . 8  
data. I t  is i n t e r e s t i n g  t o  n o t e  t h a t  t r a n s i t i o n  Reynolds number d e c r e a s e s  a lmost  
l i n e a r l y  w i t h  wing sweep a t  Mach 0 .8 .  T h i s  i s  a t t r i b u t e d  t o  t h e  h i g h l y  f a v o r a b l e  
p r e s s u r e  g r a d i e n t  a t  t h i s  Mach number. The e x t e n t  of t h i s  h i g h l y  f a v o r a b l e  p r e s s u r e  
g r a d i e n t  ( f i g .  9)  and t h e  f a c t  t h a t  t r a n s i t i o n  o c c u r r e d  forward of t h e  a d v e r s e  pres- 
s u r e  g r a d i e n t  a r e  probably  due t o  Reynolds-number-related phenomena, such a s  cross- 
f l o w  d i s t u r b a n c e s .  For t h e  Mach 0.7 d a t a ,  t r a n s i t i o n  Reynolds number d e c r e a s e s  i n  a 
n o n l i n e a r  f a s h i o n  wi th  wing sweep. T h i s  is a t t r i b u t e d  t o  t h e  less f a v o r a b l e  p r e s s u r e  
g r a d i e n t  a t  Mach 0.7 and t o  t h e  more forward l o c a t i o n  of t h e  a d v e r s e  g r a d i e n t ,  con- 
d i t i o n s  t h a t  allow t r a n s i t i o n  t o  occur  s o m e t i m e s  because of t h e  a d v e r s e  g r a d i e n t  and 
s o m e t i m e s  because of Reynolds-number-related phenomena i n  t h e  f a v o r a b l e  g r a d i e n t ,  
such  as cross-flow d i s t u r b a n c e s .  

Maximum t r a n s i t i o n  Reynolds number of approximately 13 x lo6 

Station 2 (Middle Test Section) 

20 x lo6 

15 

- 

- M = 0.7 c M = 0.8 

0 1 
10 15 20 25 30 35 40 

Wing sweep, deg 
10 15 20 25 30 35 40 

Wing sweep, deg 

Figure  18 
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VISCOUS DRAG REDUCTION 

Another i n t e r e s t i n g  parameter  a v a i l a b l e  from t h e  boundary-layer p r o f i l e  measure- 
ments is momentum t h i c k n e s s ,  which is an  i n d i c a t o r  of t h e  v i s c o u s  losses i n  t h e  
boundary l a y e r .  F i g u r e  19 p r e s e n t s  momentum t h i c k n e s s  0 as a f u n c t i o n  of t r a n s i -  
t i o n  l o c a t i o n  a t  Mach 0.7 and a wing sweep of 2 0 ° .  These d a t a  were o b t a i n e d  d u r i n g  
boundary-layer  r a k e  c a l i b r a t i o n  by f o r c i n g  t r a n s i t i o n  a t  known l o c a t i o n s  (see d iscus-  
s i o n  of f i g .  1 2 ) .  Maximum r e d u c t i o n s  i n  v i s c o u s  l o s s e s  w e r e  o b t a i n e d  a t  t h e  h i g h e r  
a l t i t u d e s  (35,000 f t ) ,  as might be expected.  For t h e  outboard  t e s t  s e c t i o n ,  0 v a r i e s  
from 0.033 a t  a t r a n s i t i o n  l o c a t i o n  of 45-percent chord t o  0.078 a t  a t r a n s i t i o n  loca- 
t i o n  of 10-percent chord. T h i s  change i n  e r e s u l t s  i n  a 58-percent  r e d u c t i o n  i n  v is -  
c o u s  d r a g  on t h e  f i r s t  55-percent  chord of t h e  upper s u r f a c e .  Two q u a l i f y i n g  s ta te-  
ments apply t o  t h i s  v i s c o u s  d r a g  r e d u c t i o n :  F i r s t ,  t h i s  experiment  w a s  n o t  i n t e n d e d  
t o  be a complete a i r f o i l  t es t ;  t h a t  is, o n l y  t h e  forward 60-percent  p o r t i o n  of t h e  
upper wing s u r f a c e  is  gloved, and t h e s e  r e s u l t s  i n d i c a t e  an  optimum r e d u c t i o n  on 
t h e  upper s u r f a c e  of only  one t e s t  s e c t i o n .  Second, t h e s e  r e s u l t s  were n o t  a t t a i n e d  
a t  working l i f t  c o e f f i c i e n t s ;  t h a t  is, t h e  pushover maneuver w a s  r e q u i r e d  t o  a t t a i n  
t h e  c o n d i t i o n s  t h a t  would p r o v i d e  e x t e n s i v e  laminar  flow. However, t h e r e  is  no rea- 
son  t o  expec t  t h a t  an  a i r f o i l  contoured s p e c i f i c a l l y  f o r  h i g h - a l t i t u d e  l i f t  coef-  
f i c i e n t s  could  n o t  a t t a i n  comparable amounts of laminar  flow a t  working, or c r u i s e ,  
l i f t  c o e f f i c e n t s .  

M = 0.7, A = 20' 
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(Middle test 

section) 
- o o <  a <  1" 

---Q 

0 35,000 ft(Re/ft = 1.7 x 10') 

0 20,000 ft(Re/ft = 3.0 x 10') 
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(Outboard test 

section) 

O " <  c v <  1" 

Figure  19 
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TYPICAL CASES FOR DETAILED ANALYSIS 

During t h e  c o u r s e  of t h e  g love  I f l i g h t  tests, i n t e r e s t i n g  r e s u l t s  o f t e n  
occurred .  An example is shown i n  f i g u r e  20,  which p r e s e n t s  t h r e e  p r e s s u r e  d i s t r i b u -  
t i o n s  f o r  a wing sweep of 30°, a l o n g  w i t h  t r a n s i t i o n  l o c a t i o n s  o b t a i n e d  from hot - f i lm 
anemometer d a t a .  I t  is i n t e r e s t i n g  t o  n o t e  t h e  s i g n i f i c a n t  change i n  t r a n s i t i o n  
l o c a t i o n  as a r e s u l t  of s m a l l  changes i n  a n g l e  of a t t a c k .  For example, a t  an a n g l e  
of a t t a c k  of 0.8O, t r a n s i t i o n  is between 20- and 30-percent  chord; a change of 
approximate ly  1 . 5 O ,  t o  an  a n g l e  of a t t a c k  of 2.3O, moves t r a n s i t i o n  a f t  t o  between 
40- and 50-percent  chord. T h i s  change i n  t r a n s i t i o n  l o c a t i o n  is  a t t r i b u t e d  t o  t h e  
change i n  t h e  l e a d i n g  edge p r e s s u r e  g r a d i e n t ,  as shown i n  f i g u r e  2 0 .  The change i n  
l e a d i n g  edge p r e s s u r e  g r a d i e n t  most l i k e l y  changes t h e  a m p l i f i c a t i o n  of cross- 
f l o w  d i s t u r b a n c e s .  

Nine teen  of t h e s e  i n t e r e s t i n g  cases, i n c l u d i n g  t h o s e  d i s c u s s e d  h e r e ,  have been 
s e l e c t e d  and made a v a i l a b l e  f o r  d e t a i l e d  a n a l y s i s .  These c a s e s  w i l l  be d i s c u s s e d  i n  
d e t a i l  i n  a n o t h e r  paper from t h i s  conference  (ref. 6 ) .  

H 

-1.2 

- .8 

- .4 

.4 I 

.8 I 

6 = 35,000 ft, A = 30°, RC =: 12 x 10 

M = 0.81 
CY = 0.80' 

L 

r 
1.2 

0 .2 .4 .6 .8 1.0 
xlc 

Laminar at 20-percent c 
Turbulent at 30-percent c 

M = 0.80 
CY = 2.27' 

0 .2 .4 .6 .8 1.0 
xlc 

Laminar at 40-percent c 
Turbulent at 50-percent c 

M = 0.81 
a = 3.07' 

0 .2 .4 .6 .8 1.0 
xlc 

Laminar at 40-percent c 
Turbulent at 50-percent c 

F i g u r e  20 
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Concluding Remarks 

Majority of Glove 1 (cleanup) flight test have 
been completed 

VSTFE construction, instrumentation, and test 
techniques have been established 

Transition location from various methods correlate 

Preliminary results indicate a maximum transition 
Reynolds number of approximately 13 x lo6 at 15" 
sweep and 5 x I O 6  at 35" sweep 

19 cases selected for detailed analysis 

F-14 and associated reabtime capability have 
proved to be a valuable laminar flow research 
facility 

Glove 2 will be tested 
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THE GOAL OF THE VSTFE 

The V a r i a b l e  Sweep T r a n s i t i o n  F l i g h t  Experiment (VSTFE) was i n i t i a t e d  i n  
1983 by NASA t o  e s t a b l i s h  an improved boundary- layer t r a n s i t i o n  data base f o r  
swept wings. An e a r l i e r  f l i g h t  exper iment u s i n g  the  F-111 ( r e f .  1) had a l s o  
i n v e s t i g a t e d  the  e f f e c t  of sweep and Reynolds number on t r a n s i t i o n ,  b u t  was 
compromised by a very l i m i t e d  span l a m i n a r - f l o w  g love and a crude method f o r  
determin ing t r a n s i t i o n  l o c a t i o n .  The VSTFE addresses these shortcomings by 
u s i n g  n a t u r a l  l a m i n a r - f l o w  (NLF) g loves which span n e a r l y  a l l  o f  t h e  
variable-sweep p o r t i o n  o f  t h e  F-14 wing and h o t - f i l m  gauges t o  sense t h e  s t a t e  
of  the  boundary l a y e r .  

Data from t h e  VSTFE f l i g h t  t e s t s  w i l l  be analyzed us ing  l i n e a r  s t a b i l i t y  
theory  t o  determine t h e  growth o f  d is turbances on the wing. The d is tu rbance 
growth r e s u l t s  from many d i f f e r e n t  f l i g h t  c o n d i t i o n s  w i l l  then be c o r r e l a t e d  
w i t h  the t r a n s i t i o n  l o c a t i o n s  measured a t  those c o n d i t i o n s  t o  form a 
t r a n s i t i o n  c r i t e r i o n .  Th is  c r i t e r i o n  w i l l  then be a v a i l a b l e  f o r  use w i t h  the  
l i n e a r  s t a b i l i t y  theory  t o  des ign l a m i n a r - f l o w  wings f o r  f u t u r e  a i r c r a f t .  The 
establ ishment  of a r e l i a b l e  t r a n s i t i o n  c r i t e r i o n  f o r  swept wings i s  one o f  the 
p r i n c i p a l  goals  o f  t h e  VSTFE. 

As p a r t  o f  t h e  process o f  e s t a b l i s h i n g  a r e l i a b l e  t r a n s i t i o n  c r i t e r i o n ,  
NASA c o n t r a c t e d  w i t h  Boeing t o  improve and expand the  c a p a b i l i t y  o f  u s i n g  
1 i n e a r  s t a b i l i t y  theory  t o  determine d is turbance grok th  i n  t y p i c a l  swept wing 
laminar  boundary l a y e r s ,  
improved s t a b i l  i ty a n a l y s i s  system and shows d is turbance growth r e s u l t s  f o r  
e leven cases from t h e  VSTFE clean-up g love  f l i g h t  t e s t .  

T h i s  paper descr ibes some o f  t h e  d e t a i l s  o f  t h i s  

L A 

STABILITY ANALYSIS 

, TRANSITION 
I CODES 1 
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BACKGROUND ON LINEAR STABILITY THEORY 

To develop an improved laminar  boundary-layer s t a b i l i t y  a n a l y s i s  
procedure, two e x i s t i n g  computer codes were examined: COSAL, a temporal 
s t a b i l i t y  a n a l y s i s  technique u s i n g  m a t r i x  s o l u t i o n  methods ( r e f .  21,  and MACK, 
a method which can s o l v e  f o r  temporal o r  s p a t i a l  s t a b i l i t y  u s i n g  numerical  
i n t e g r a t i o n  through t h e  boundary l a y e r  ( r e f .  3 ) .  A f t e r  cons iderab le  work w i t h  
bo th  methods, t h e  MACK code was chosen f o r  use i n  t h e  new s t a b i l i t y  system. 

The mathematical development of  t h e  l i n e a r  s t a b i l i t y  theory  used i n  t h e  
MACK method para1 l e 1  s t h a t  f o r  the  Orr-Somnerfeld equation, b u t  
c o m p r e s s i b i l i t y  i s  i n c l u d e d  and t h e  spanwise dimension i s  added. 
i n  t h e  boundary l a y e r  a r e  c h a r a c t e r i z e d  as hav ing some wave length ,  A, 
frequency, W ,  wave d i r e c t i o n  r e l a t i v e  t o  t h e  l o c a l  ex te rna l  f l o w , + ,  and a 
s p a t i a l  growth r a t e ,  dN/ds. N i s  t h e  exponent o f  "e" i n  d e s c r i b i n g  
d is tu rbance growth as d is tu rbance ampl i tude a t  some p o i n t  = eN (ampl i tude 
of t h a t  d is tu rbance when i t  f i r s t  s t a r t s  t o  be a m p l i f i e d ) .  The i n t r o d u c t i o n  
o f  t h e  d is tu rbance i n t o  t h e  compressible,  3-D boundary l a y e r  equat ions r e s u l t s  
i n  an e i g h t h  o r d e r  system o f  equat ions w i t h  f o u r  unknowns: A ,  w , $ ,  dN/ds. 
T y p i c a l l y ,  wave l e n g t h  o r  f requency and wave o r i e n t a t i o n  a r e  chosen by t h e  
user,  a n d  t h e  o t h e r  two unknowns a r e  so lved f o r .  T h i s  i s  an eigenvalue 
problem s i n c e  o n l y  c e r t a i n  combinat ions o f  t h e  unknowns w i l l  s o l v e  t h e  
system. I n  t h e  MACK method guesses f o r  the  eigenvalues s t a r t  an i t e r a t i v e  
s o l u t i o n  process which uses t h e  Newton-Raphson procedure t o  r e f i n e  t h e  
e igenvalues u n t i l  the  system o f  equat ions i s  so lved t o  w i t h i n  some adequate 
t o 1  erance. 

Disturbances 

BASIC DEVELOPMENT SIMILAR TO 

3D BOUNDARY LAYERS CAN BE 
EXAMINED 

ORR-SOMMERFELD BUT: 

COMPRESSlBlLlTY INCLUDED 
INSTEAD OF FOURTH ORDER, WE GET 
AN EIGHTH ORDER SYSTEM OF 
EQUATIONS WITH FOUR UNKNOWNS 
W ,  w ,  A, d N 4  
TYPICALLY, WE CHOOSE TWO 
($ AND X OR w )  AND 
SOLVE FOR THE OTHER TWO 

THIS IS AN EIGENVALUE DISTURBANCE- 
CHARACTERIZED PROBLEM 
BY A WAVELENGTH, A,  SOLVED BY NUMERICAL 
AN ORIENTATION, $, 
A FREQUENCY, w ,  
AND SPATIAL GROWTH 
RATE, dN/ds 

INTEGRATION FROM OUTER 
FLOW TO WALL, CHANGING FREE 
PARAMETERS UNTIL WALL 
BOUNDARY CONDITIONS ARE MET 
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PHILOSOPHIES OF DETERMINING DISTURBANCE GROWTH 

I n  general ,  t h e  s t a b i l i t y  c h a r a c t e r i s t i c s  o f  a 3-D laminar  boundary 
l a y e r  a t  a p o i n t  on a wing i n v o l v e  a wide range o f  p o s s i b l e  d is tu rbance 
f requencies and o r i e n t a t i o n s .  To c a l c u l a t e  t h e  growth o f  a l l  d is turbances 
which may be impor tan t  i n  causing t r a n s i t i o n ,  t h e  engineer must choose some 
phi losophy t o  apply  i n  i n t e g r a t i n g  t h e  d is tu rbance growth r a t e ,  dN/ds, w i t h  
respec t  t o  d is tance from the  at tachment l i n e .  

One phi losophy used p r e s e n t l y  ( r e f s .  1 and 4 )  i n v e s t i g a t e s  two c lasses  
o f  d isturbances, those more o r  l e s s  a l i g n e d  w i t h  the  l o c a l  e x t e r n a l  f l o w  
( c a l l e d  Tol lmien-Schl  i c h t i n g  (TS) d is tu rbances) ,  and those n e a r l y  
perpend icu la r  t o  the  l o c a l  e x t e r n a l  f l o w  ( c a l l e d  cross- f low (CF)  
d is tu rbances) .  
analyze t h e  TS dis turbances.  
growth throughout  t h e  range o f  impor tan t  f requencies.  I n  a d d i t i o n ,  t h i s  
ph i losophy considers the  zero frequency ( s t a t i o n a r y )  c ross- f low d is turbances t o  
be t h e  most impor tan t  i n  causing t r a n s i t i o n  and c a l c u l a t e s  t h e  growth of  
s t a t i o n a r y  c r o s s - f l o w  waves f o r  which the  component o f  spanwise wavelength i s  
constant .  T h i s  i s  t h e  " i r r o t a t i o n a l "  method descr ibed by Mack ( r e f .  3 ) .  

T h i s  ph i losophy i n v o l v e s  choosing a wave angle a t  which t o  
The angle i s  u s u a l l y  chosen t o  g i v e  t h e  g r e a t e s t  

Another ph i losophy o f  c a l c u l a t i n g  d is tu rbance growth does n o t  
d i s t i n g u i s h  between TS and CF wave c lasses  b u t  c a l c u l a t e s  t h e  growth o f  
d is turbances of d i f f e r e n t  f requencies a t  whatever wave angle g ives  t h e  maximum 
growth r a t e  a t  each p o i n t  on t h e  wing. 

As shown on t h e  f o l l o w i n g  f igure ,  both ph i losoph ies  j u s t  descr ibed r e q u i r e  
o n l y  a p a r t i a l  knowledge o f  t h e  boundary- layer s t a b i l i t y  c h a r a c t e r i s t i c s .  The 
1 a t e s t  improvement t o  the  s t a b i l  i ty dna lys i  s procedure automat ica l  l y  
determines s t a b i l i t y  c h a r a c t e r i s t i c s  over a wide enough range o f  wave angles 
and f requencies so e i t h e r  o f  these ph i losoph ies ,  o r  perhaps a d i f f e r e n t  one, can 
be used t o  c a l c u l a t e  d is tu rbance growth, N, from dN/ds ( a  f u n c t i o n  o f  4 ,  w 
a t  each p o i n t  on t h e  wing. I n  a d d i t i o n ,  t h e  whole procedure o f  c a l c u l a t i n g  
t h e  boundary l a y e r ,  ana lyz ing  the  s t a b i l i t y ,  and i n t e g r a t i n g  t h e  d is tu rbance 
growth i s  combined i n t o  one system o f  programs, making b e t t e r  use o f  t h e  
a n a l y s t ' s  t ime. 

DISTURBANCE 
GROWTH 

RATE 

BOUNDARY-LAYER 
STABILITY CHARACTERISTICS 
SURFACE AT ONE POINT 

\- 
1 9 0  deg 

ACCUMULATED DISTURBANCE 
GROWTH DETERMINED BY 

1. CONSTANT WAVE 
ANGLE, VARIOUS 
FREQUENCIES 

SCHLICHTING) 

2. ZERO FREQUENCY, 
VARIOUS WAVE 

(FOR TOLLMIEN- 

NUMBERS, "IRROTA- 
TIONAL," (CROSS- 
FLOW) 

3. MAXIMUM GROWTH 
RATE, VARIOUS 
FREQUENCIES 
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THE UNIFIED STABILITY SYSTEM 

BOUNDARV-LAYER 
INPUT 

The laminar  boundary- layer s t a b i l i t y  a n a l y s i s  procedure, as m o d i f i e d  
under t h e  VSTFE, c o n s i s t s  o f  e i g h t  computer codes and i s  c a l l e d  t h e  U n i f i e d  
S t a b i l i t y  System (USS). A master program s e t s  up t h e  j o b  c o n t r o l  statements 
t o  c a r r y  o u t  t h e  c a l c u l a t i o n s  d e s i r e d  by t h e  user.  
i n p u t  f o r  t h e  boundary-1 ayer  a n a l y s i s ,  c a r r y  o u t  t h e  a n a l y s i s ,  and prepare t h e  
boundary- layer i n f o r m a t i o n  f o r  the  s t a b i l i t y  codes. The boundary- layer 
a n a l y s i s  uses a f i n i t e  d i f f e r e n c e  method and can account f o r  convent ional  o r  
i nverse taper .  

Three programs s e t  up t h e  

JOECONTROL 
PROGRAM 

Two d i f f e r e n t  computer programs a r e  used t o  c a l c u l a t e  t h e  boundary- layer  
s t a b i l i t y .  
t a i l o r e d  t o  analyze low wave angle d is turbances,  5 70 degrees, and t h e  o t h e r  
t h e  h i g h  wave angles, 72 5 JI < - 91  degrees. 

The f i n a l  d is tu rbance growth i n t e g r a t i o n s  ( f i n d i n g  N from dtJ/ds = 
f ( $ ,  w, x / c ) ) ,  a r e  a l s o  done by two programs. 
and t h e  o t h e r  c a l c u l a t e s  NCF us ing  t h e  " i r r o t a t i o n a l "  approach or N u s i n g  t h e  
"ma x i  mum amp 1 i f i c a t  i on I' a pp roac h . 

The s o l u t i o n  procedure i n  b o t h  i s  a lmost  i d e n t i c a l ,  b u t  one i s  

One handles t h e  TS d is turbances,  

PREPARATION 
PROGRAM - 

Numerous f i l e s  a r e  generated by these programs. Some o n l y  t r a n s f e r  
i n f o r m a t i o n  between programs, b u t  severa l  a r e  a v a i l a b l e  t o  t h e  user  f o r  
d e t a i l e d  examinat ion of  t h e  boundary l a y e r  o r  i t s  s t a b i l i t y  c h a r a c t e r i s t i c s .  

I MASTER 
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CHECK-OUT CASES FOR THE USS 

The accuracy o f  the USS has been v e r i f i e d  by comparing i t  t o  r e s u l t s  o f  
Mack ( r e f .  3 )  f o r  two c l a s s i c  boundary l a y e r s :  B l a s i u s  and Falkner-Skan. For  
bo th  cases t h e  boundary- layer a n a l y s i s  code was used t o  generate t h e  boundary- 
l a y e r  p r o f i l e s ,  so t h e  check o u t  inc ludes  t h e  generat ion o f  t h e  p r o f i l e s ,  as 
w e l l  as the s t a b i l i t y  ana yses. 

analyzes s t a b i l i t y  a t  lower  wave angles. 
o f  nondimensional d is tu rbance growth r a t e  a t  two wave angles and t h r e e  
frequencies.  

The B l a s i u s  boundary l a y e r  w i t h  a l e n g t h  
Reynolds number of  (1200) h was used f o r  v e r i f i c a t i o n  o f  t h e  program which 

The graph below shows t h e  comparison 

For  h i g h  wave angles a Falkner-Skan r o f i l e  w i t h  B = 1.0, e = 45 
degrees, and l e n g t h  Reynolds number o f  400 9 was used t o  v e r i f y  t h e  USS. The 
comparisons o f  n e u t r a l  curve and maximum nondimensional a m p l i f i c a t i o n  r a t e  a r e  
shown below f o r  wave angles from 72 t o  85 degrees. 

BLASIUS BOUNDARY LAYER FALKNER-SKAN 
BOUNDARY LAYER 
1 

R ~ 400 
1 0, H : 45 deg 

F - NONDIMENSIONAL FREQUENCY 
ir - NONDIMENSIONAL SPATIAL 

GROWTH RATE 

0.2 0.3 0.4 
F x lo‘ 

100 

90 
i r  

deg 80 

70 

60 

-1.5 -1.0 -0.5 0 0.5 1.0 1.5 2.0 2.5 
F x 10‘ 
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. 
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DETERMINING USS INPUT FROM THE F-14 DATA 

The F-14 a i r c r a f t  used f o r  t h e  VSTFE f l i g h t  t e s t i n g  has t h r e e  rows o f  
pressure s t a t i c  pressure o r i f i c e s  on t h e  clean-up g love  t o  measure t h e  win 

s t a t i c  pressure rows t o  determine t h e  boundary-1 ayer s t a t e .  
f i e l d .  A staggered row of  h o t - f i l m  gauges was p laced between eac i o f  t h e  

The sketch below he lps  show how t h e  s t a t i c  pressure and h o t - f i l m  data 

The spanwise l o c a t i o n  was used t o  

Leading-edge sweep 

were used t o  determine t h e  pressure d i s t r i b u t i o n  used i n  the  s t a b i l i t y  
analyses. The h o t - f i l m  data showed n o t  o n l y  t h e  chordwise l o c a t i o n  o f  
t r a n s i t i o n  b u t  a l s o  a spanwise l o c a t i o n .  
1) f i n d  t h e  l o c a l  chord  l e n g t h  used t o  c a l c u l a t e  chord  Reynolds number, and 2 )  
i n t e r p o l a t e  the  pressure data f o r  de termin ing  Cp - x/c. 
was known f o r  each f l i g h t  c o n d i t i o n ,  and t h e  t h r e e  rows o f  p ressure  data were 
enough t o  g e t  a good approx imat ion of the  i s o b a r  p a t t e r n ,  which determined the  
t a p e r  t o  use f o r  t h e  s t a b i l i t y  analyses. I f  t o o  much s c a t t e r  was present  i n  
t h e  i n t e r p o l a t e d  pressure d i s t r i b u t i o n ,  a j u d i c i o u s  hand-smoothing was done. 

HOT FILMS GIVE X/C AND 
SPANWISE LOCATION OF TRANSITION 

TOUSEFORBOUNDARYLAYERAND 
STABILITY ANALYSES COME FROM 
INTERPOLATION AT SPAN WHERE 
TRANSITION OCCURRED 

Cp - XIC AND LOCAL CHORD LENGTH 

SWEEP AND TAPER ARE FROM 
LEADING-EDGE SWEEP AND 
ISOBARS 
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STABILITY CHARACTERISTICS FOR A TYPICAL SWEPT WING CASE 

Boundary l a y e r s  on swept wings o f t e n  have v e l o c i t y  p r o f i l e s  which a r e  
considerably  d i f f e r e n t  from t h e  B las ius  o r  Falkner-Skan p r o f i l e s  used as 
check-out cases f o r  t h e  USS. 
f l i g h t  t e s t s  can be used t o  i l l u s t r a t e  t h i s .  
adverse pressure g r a d i e n t  near t h e  nose f o l l o w e d  by a second favorab le  
gradient ,  and t h e  r e s u l t i n g  cross- f low p r o f i l e s  change d r a m a t i c a l l y .  

sur face has responded t o  t h e  adverse pressure g r a d i e n t  ahead o f  t h a t  p o i n t  and 
switched from negat ive  t o  p o s i t i v e  cross f low. The d is tu rbance growth 
c h a r a c t e r i s t i c s  show t h a t  the  s t r o n g  growth of c ross- f low d is turbances (4 near 
90 degrees), which was present  near t h e  l e a d i n g  edge, i s  l a r g e l y  damped a t  
t h i s  p o s i t i o n .  
b u t  t h e  d is turbances w i t h  lower  wave angles have t h e  most r a p i d  growth a t  t h i s  
p o s i t i o n .  T h i s  t r e n d  cont inues i n t o  t h e  negat ive  wave angle reg ion.  

One o f  t h e  cases from t h e  VSTFE clean-up g love  
T h i s  case has a r e g i o n  o f  

As shown below, a t  12.5 percent  chord  t h e  boundary l a y e r  neares t  t h e  

A smal l  " i s l a n d "  of  growth i s  s t i l l  p resent  near 90 degrees, 

-1.0 I- 

M, = 0.703 
Rac = 18.04 x lo6 
A,, ~ 28 deg 
XEFF - 1.0 

C? 
0 

1 .o 

-0.01 0 0.5 1 .o 
WIU, UIU, 
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STABILITY CHARACTERISTICS FOR A TYPICAL SWEPT WING CASE (cont inued)  

Cont inuing from the  previous f i gu re ,  as the  boundary l a y e r  moves from 
12.5 t o  15 percent chord, the  pressure grad ien t  has gone from adverse t o  
favorable,  and the  cross f l ow  near the  surface has a l l  re tu rned t o  negat ive 
values. The s t a b i l i t y  graph shows the  subs tan t ia l  decrease i n  TS dis turbance 
growth ra tes  a t  t h i s  wing s ta t i on ,  arid the cross- f low reg ion  i s  s t i l l  most ly  
s tab le.  Note, however, t h a t  there  i s  an i n d i c a t i o n  o f  the unstable reg ion  a t  
wave angles h igher  than 90 degrees f o r  negat ive f requencies.  
consider these t o  be disturbances o f  p o s i t i v e  frequency a t  wave angles near 
270 (-90) degrees. This  reg ion  becomes more s i g n i f i c a n t  f o r  cross- f low 
p r o f i l e s  w i t h  p o s i t i v e  components, as found i n  regions i n  which an adverse 
pressure grad ien t  predominates. 
i nves t i ga te  t h i s  wave angle reg ion  because i n  most swept wing s i t u a t i o n s  
present ly  being inves t iga ted ,  t he  disturbances w i t h  wave angles between -50 
< JI < 91 degrees experience the  most growth, and hence, are l i k e l y  t o  be the  
cause o f  t r a n s i t i o n .  

One can a l so  

The USS i s  n o t  p resent ly  t a i l o r e d  t o  

-1.0 r 

Mm = 0.703 
A,, = 18.84 x lo6 

A,,, = 1.0 
ALE = 28 deg 

-0.01 0 0.5 1 .o 
WIU, UIU, 
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STABILITY CHARACTERISTICS FOR A TYPICAL SWEPT WING CASE (concluded) 

When t h e  boundary l a y e r  has moved t o  33.8 percent  chord  i n  our  example 
case, i t  has been i n  the  second r e g i o n  o f  adverse pressure g r a d i e n t  f o r  about 
8 percent  chord. The v e l o c i t y  p r o f i l e  p a r a l l e l  t o  t h e  e x t e r n a l  f l o w  now 
e x h i b i t s  an i n f l e c t i o n  p o i n t  and i s  c l o s e  t o  separat ion (Falkner-Skan 6 f o r  
t h i s  p r o f i l e  i s  very  near t h e  separa t ion  v a l u e ) .  Most o f  the  c r o s s - f l o w  
v e l o c i t y  i s  now p o s i t i v e .  

The s t a b i l i t y  c h a r a c t e r i s t i c s  show t h a t  t h e  TS d is turbances have the  

A t  t h e  c ross- f low wave angles, the  d is tu rbance growth 

g r e a t e s t  growth r a t e s ,  and t h i s  behavior  extends over a frequency range l a r g e  
enough so the  automat ic  frequency rang ing  i n  t h e  USS doesn ' t  cap ture  the  
complete uns tab le  area. 
r a t e  sur face goes through a saddle p o i n t  and s t a r t s  i n c r e a s i n g  r a p i d l y  aga in  
as t h e  + >  90, w < 0 r e g i o n  i s  entered. 

For  the  f l i g h t  c o n d i t i o n  which has j u s t  been discussed, h o t - f i l m  sensors 
i n d i c a t e d  a t r a n s i t i o n  o f  t h e  boundary l a y e r  a t  30 percent  chord. 
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N-FACTOR GROWTH FOR THE TYPICAL SWEPT WING CASE 

The N - f a c t o r  growth f o r  t h e  case i n t r o d u c e d  i n  t h e  prev ious  f i g u r e s  i s  
shown below. 
angle and f requencies between about 5500 and 15000 Her tz .  Maximum growth f o r  
these TS d is turbances takes p lace  where t h e r e  are  adverse pressure g r a d i e n t s .  

The maximum TS growth occurs f o r  d is turbances a t  30 degrees wave 

The c ross- f low N - f a c t o r  envelope i s  formed by d is turbances which have a 
spanwise component o f  wave number between 450 and 1700. 
wavelength these a r e  between 0.044 and 0.167 inches. These zero-frequency, 
s t a t i o n a r y  d is turbances show very  s t r o n g  damping a t  about 15 percent  chord. 
Note t h a t  t h e  c ross- f low v e l o c i t y  p r o f i l e  a t  15 percent  chord had an unusual 
f l a t  fea ture .  
g r a d i e n t  reg ions  and damped by adverse grad ien ts ,  a t  l e a s t  u n t i l  t h e  f i n a l  
recompression area o f  t h e  wing i s  reached. 
o f  TS d is turbances.  

I n  terms o f  

Cross- f low d is turbances tend t o  be a m p l i f i e d  i n  f a v o r a b l e  

T h i s  behavior  i s  oppos i te  t o  t h a t  

The N- factor  as c a l c u l a t e d  u s i n g  t h e  wave angle f o r  maximum 
a m p l i f i c a t i o n  i s  a l s o  shown below. 
method i s  formed by d is turbances w i t h  f requencies between about 4200 and 8000 
Her tz .  The wave angles which have t h e  maximum growth r a t e s  a r e  i n  t h e  90 
degree ( c r o s s - f l o w )  range near  the  l e a d i n g  edge b u t  then move i n t o  t h e  low (TS)  
range i n  the  second adverse pressure grad ien t ,  e v e n t u a l l y  moving i n t o  t h e  
negat ive  angle r e g i o n  (wave f r o n t s  advancing i n  a d i r e c t i o n  inboard  o f  t h e  
1 oca1 edge ve l  o c i  ty ) . 

The envelope o f  maximum growth f o r  t h i s  
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N-FACTOR GROWTH FOR A CASE WITH HIGH CROSS FLOW 

Disturbance growth f o r  another VSTFE case, one w i t h  cons iderab ly  
d i f f e r e n t  f l i g h t  c o n d i t i o n s ,  i s  shown on t h i s  f i g u r e .  F o r  t h i s  case t h e  
c ross- f low d is turbances are  dominant due t o  a s t r o n g  favorable pressure 
grad ien t ,  even though t h e  wing sweep i s  r e l a t i v e l y  l o w .  
a problem t h a t  can a r i s e  u s i n g  a t r a n s i t i o n  c r i t e r i o n  which i n v o l v e s  b o t h  
NTS and NCF. I n  f i n d i n g  TS d is tu rbance growth us ing  a cons tan t  wave angle 
which g ives  t h e  maximum growth, one may f i n d  t h a t  t h a t  wave angle i s  n o t  i n  
what i s  u s u a l l y  cons idered t h e  TS reg ion,  b u t  i n  the  c r o s s - f l o w  r e g i o n  
instead.  Th is  serves as a reminder t h a t  t h e  o r i g i n a l  c o n s i d e r a t i o n  o f  two 
c lasses  of d is turbances was j u s t  a s i m p l i f i c a t i o n  used i n  an a t tempt  t o  
p r e d i c t  t r a n s i t i o n  i n  a swept wing. 
o f  u s i n g  bo th  TS and CF N- fac tors  i n  p r e d i c t i n g  t r a n s i t i o n ,  b u t  probably 
necess i ta tes  a change t o  cons ider ing  t h e  TS r e g i o n  t o  be below some wave 
angle, f o r  example, between - + 50 degrees. 

growth l i k e w i s e  has weaknesses f o r  use i n  d e f i n i n g  a t r a n s i t i o n  c r i t e r i o n .  
For  t h e  case shown on the  prev ious  f i g u r e  t h e  N- fac tor  c a l c u l a t e d  by t h a t  
method was near 21 a t  t r a n s i t i o n .  
p r e d i c t s  16 t o  19 a t  t r a n s i t i o n ,  o t h e r  cases analyzed a t  Boeing p r e d i c t e d  
N- fac tors  up t o  30 a t  t r a n s i t i o n  u s i n g  t h e  maximum a m p l i f i c a t i o n  method. 

T h i s  case i l l u s t r a t e s  

Th is  problem does n o t  negate t h e  p r a c t i c e  

The d is tu rbance growth phi losophy which uses t h e  wave angle f o r  maximum 

Although f o r  t h e  present  case t h a t  method 
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CLEAN-UP GLOVE DISTURBANCE GROWTH AT TRANSITION 

Eleven cases from the  VSTFE clean-up g love f l i g h t  t e s t s  have ca l cu la ted  
TS and CF disturbance growth i n  the area o f  t r a n s i t i o n  p l o t t e d  below. 
vary ing  f l i g h t  cond i t i ons  and wing sweep, the  s t a b i l i t y  c h a r a c t e r i s t i c s  va r ied  
from almost exc lus i ve l y  CF dominant t o  most ly  TS dominant. 
below are f o r  t r a n s i t i o n  as detected by the  h o t - f i l m  sensors. 
cases had t r a n s i t i o n  a t  one of  the ho t - f i lms ,  so the N- factors  f o r  those cases 
are  shown as a p o i n t  r a t h e r  than a l i n e  between the  l a s t  l am ina r - i nd i ca t i ng  
and the  f i r s t  t u r b u l e n t - i n d i c a t i n g  h o t - f i l m .  The length  o f  the  l i n e s  
represents the N- fac tor  chanye i n  10 percent  chord. 

By 

The t races  shown 
Four o f  these 

Despi te the use o f  improved t r a n s i t i o n  sensing methods, the  d is turbance 
growth t races  from the  VSTFE clean-up glove f l i g h t  t e s t s  g ive a much broader 
NCF - NTS reg ion a t  t r a n s i t i o n  than the  F-111 data. 
be invo lved i n  t h i s  s c a t t e r :  1) Data from both  t e s t s  invo lve  uncer ta in t ies ,  
n o t  a l l  o f  which are  we l l  understood, 2 )  The F-111 data may r e s u l t  i n  a 
genera l l y  pess imis t i c  TS N- fac tor  a t  t r a n s i t i o n ,  and 3) The use o f  the  
NCF-NTS graph may n o t  co l lapse the  t r a n s i t i o n  po in ts  t o  a narrow band. 
c a r e f u l  review o f  the  clean-up glove data w i l l  show which cases have data w i t h  
the  l e a s t  uncer ta in ty .  When analyzed, these may show less  sca t te r .  

Several f a c t o r s  cou ld  
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CONCLUSIONS FROM THE VSTFE CLEAN-UP GLOVE ANALYSES AND RECOMMENDATIONS 

The pr imary  goal o f  t h e  VSTFE i s  t o  e s t a b l i s h  an improved swept wing 
The development o f  the  U n i f i e d  S t a b i l i t y  System g i v e s  t r a n s i t i o n  c r i t e r i o n .  

the  aerodynamic is t  a way o f  q u i c k l y  examining d is turbance growth f o r  a wide 
v a r i e t y  o f  laminar  boundary layers ,  b u t  t h e  phi losophy t o  be used i n  r e l a t i n g  
d is tu rbance growth t o  t r a n s i t i o n  and t h e  accuracy o f  the  data t o  use i n  t h e  
c o r r e l a t i o n  a r e  problems r e q u i r i n g  more work. 

The d is tu rbance growth t r a c e s  shown on the  prev ious graph a r e  t o o  
sca t te red  t o  de f ine  a t r a n s i t i o n  c r i t e r i a  t o  rep lace  t h e  F-111 data band, 
which has been used s u c c e s s f u l l y  by Boeing t o  design NLF gloves. 
c a r e f u l  rev iew o f  the  c lean-up g love  data may y i e l d  cases f o r  which t h e  
t r a n s i t i o n  l o c a t i o n  i s  known more accura te ly .  L i q u i d  c r y s t a l  photographs o f  
the clean-up g love show much spanwise v a r i a t i o n  i n  the t r a n s i t i o n  f r o n t  f o r  
some c o n d i t i o n s ,  and t h i s  f u r t h e r  compl icates the  analyses. Several h i g h  
q u a l i t y  cases a r e  needed i n  which the t r a n s i t i o n  f r o n t  i s  w e l l  d e f i n e d  and a t  
a r e l a t i v e l y  cons tan t  chordwise s t a t i o n .  Before 1 i q u i d  c r y s t a l  c o a t i n g s  can 
be used t o  e s t a b l i s h  t h i s  in format ion,  i t  must be v e r i f i e d  t h a t  they do n o t  
a f f e c t  t r a n s i t i o n  themselves. 

S t i l l ,  a 

The ques t ion  of  how b e s t  t o  c o r r e l a t e  d is turoance growth w i t h  t r a n s i t i o n  
l o c a t i o n  should n o t  be addressed u n t i l  h i g h  q u a l i t y  t r a n s i t i o n  data a r e  
a v a i l a b l e .  
can s t i l l  meet i t s  goals.  

S ince one g love remains t o  be t e s t e d  i n  the VSTFE, t h i s  program 

CONCLUSIONS 

VSTFE CLEANUP GLOVE EXHIBITED GROWTH OF 
DISTURBANCES OF WIDELY VARYING 
CHARACTERISTICS 
TRANSITION LOCATION NOT LOCATED ACCURATELY 
ENOUGH ON CLEANUP GLOVE FLIGHTS 
USE OF THE USS CAN GIVE RAPID INSIGHT TO QUITE 
COMPLEX STABlLtTY CHARACTERISTICS 
DISTURBANCE GROWTH PHILOSOPHIES PRESENTLY 
USED DON'T RESULT IN A SATISFYING TRANSITION 
CRITERION 

RECOMMENDATIONS 

REVIEW CLEANUP GLOVE DATA FOR CASES WHERE 
TRANSITION WAS ACCURATELY KNOWN; ANALYZE 
THESECASES 
CONDUCT TESTS ON THE NEXT VSTFE GLOVE WITH 
IMPROVED TRANSITION SENSING, WHICH GIVES GOOD 
CHORDWISE AND SPANWISE RESOLUTION 
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Fuelled by a need to reduce viscous drag of airframes, significant 
advances have been made in the last decade to design lifting surface 
geometries with considerable amounts of laminar flow. Advances in production 
techniques and materials have allowed lifting surface geometries to be within 
required tolerances for laminar flow. Both availability of linear and 
nonlinear computational boundary-layer stability analysis methods and several 
recent swept-wing flight tests utilizing advanced transition instrumentation 
have resulted in definition of a geometric and aerodynamic matrix for 
applicability of natural laminar flow over swept and unswept wings. 

laminar flow over lifting surfaces, limited experimental results are 
available examining applicability of natural laminar flow over axisymmetric 
and nonaxisymmetric fuselage shapes at relevantly high length Reynolds 
numbers. This briefing will show the drag benefits attainable by realizing 
laminar flow over nonlifting aircraft components such as fuselages and 
nacelles. A status report is presented on a flight experiment being conducted 
in cooperation with Cessna Aircraft Company in Wichita, Kansas, to investigate 
transition location and transition mode over the forward fuselage of a light 
twin-engine propeller-driven airplane. 

Possible application areas for natural laminar flow over nonlifting 
aircraft components are given in Figure 1. 

In contrast to the present understanding of practical limits for natural 
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IRPBODUCTION (CONTINUED) 

A p p l i c a t i o n  of l amina r  flow t o  l i f t i n g  s u r f a c e s  of t r a n s p o r t s  w i l l  
i n c r e a s e  t h e  re la t ive c o n t r i b u t i o n  of t he  t u r b u l e n t  f u s e l a g e  t o  a i rc raf t  
v i scous  and t o t a l  d rag  ( s e e  F i g u r e  21, t hus  p r e s e n t i n g  a s t i m u l u s  t o  reduce 
v i s c o u s  d r a g  of t h e  f u s e l a g e .  In r e f e r e n c e  1 an estimate is p r e s e n t e d  of t h e  
d e c r e a s e  i n  t o t a l  a i r c ra f t  d rag  when a laminar  boundary l a y e r  is r e a l i z e d  o v e r  
t h e  above i n d i c a t e d  Euselage area. The geometry of t h e  forward f u s e l a g e  of a 
t y p i c a l  t r a n s p o r t  a i r c r a f t  p r o v i d e s  a f a v o r a b l e  a c c e l e r a t i n g  p r e s s u r e  g r a d i e n t  
from the  nose up t o  t h e  beginning of t h e  c y l i n d r i c a l  cab in  s e c t i o n  on t h e  
s i d e s  and bottom of t h e  f u s e l a g e  and a f t e r  t h e  windsh ie ld  on t op  of t h e  
f u s e l a g e  ( s e e  r e f e r e n c e  2 ) .  A d d i t i o n a l  b e n e f i t s  of a laminar  run over  t h e  
i n i t i a l  p o r t i o n  of t h e  f u s e l a g e  are a r e d u c t i o n  i n  t u r b u l e n t  d rag  ove r  t h e  
remainder  of t h e  f u s e l a g e  (and p o s s i b l e  g r e a t e r  ease of s c a l i n g  large-eddy 
break-up d e v i c e s  f o r  t u r b u l e n t  d rag  r e d u c t i o n )  and relief of t h e  wing-fuselage 
i n t e r a c t i o n  problem. Axisymmetr ic  n a c e l l e s  of r e c e n t l y  in t roduced  high-bypass 
unducted-fan eng ines  and e x t e r n a l  f u e l  t anks  can be shaped t o  s u s t a i n  l a r g e  
amounts of  laminar  flow, p a r t i c u l a r l y  a t  compress ib l e  f l i g h t  speeds.  
S i g n i f i c a n t  runs of l amina r  f low are p r e d i c t e d  i n  r e f e r e n c e  3 f o r  b u s i n e s s - j e t  
and commuter-type f u s e l a g e s  when a p p r o p r i a t e  body shap ing  is a v a i l a b l e .  A t  
compress ib l e  f l i g h t  c o n d i t i o n s  (M = 0.60 and up) as much as 30- t o  40-percent 
of t h e  f u s e l a g e  l e n g t h  is p r e d i c t e d  t o  be capab le  of s u s t a i n i n g  a s u f f i c i e n t l y  
s t a b l e  laminar  boundary layer ( r e f e r e n c e  1). 
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BENEFITS OF NATURAL LAMINAR F L O W  

Drag b e n e f i t  f o r  ma in ta in ing  laminar  flow over  the f i r s t  30 pe rcen t  of an 
advanced b u s i n e s s - j e t  type f u s e l a g e  can amount t o  7-percent i n  t o t a l  ( v i s c o u s  
and induced) a i r c r a f t  drag ( F i g u r e  3 ) .  By comparison, r e a l i z a t i o n  of l amina r  
f low over  40 t o  50 p e r c e n t  of v ing  chord r e s u l t s  i n  12-percent t o t a l  d rag  
r e d u c t i o n .  These d rag  r e d u c t i o n s  are compared t o  f u l l y  t u r b u l e n t  
c o n f i g u r a t i o n s .  Reference 4 p r e s e n t s  a d e t a i l e d  assessment of performance and 
o p e r a t i n g  c o s t  improvements f o r  ach iev ing  laminar  flow over  d i f f e r e n t  
components of a t y p i c a l  commuter a i r c ra f t .  F igu re  3 a l s o  i n d i c a t e s  a 2- 
percen t  drag r e d u c t i o n  f o r  ma in ta in ing  a laminar  boundary layer over  t u r b o f a n  
eng ine  n a c e l l e s .  Reference 5 p r e s e n t s  a s t a t u s  r e p o r t  of a f l i g h t  experiment 
i n v e s t i g a t i n g  s t a b i l i t y  of t he  laminar  boundary l a y e r  over a t u r b o f a n  n a c e l l e  
under  va ry ing  a c o u s t i c a l  environments.  

Drag reduction as percent of total 
Extent of NLF 

L- F u se I age -7 70 \ 
Total NLF drag benefit-24YO 

F i g u r e  3 
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NLF BODY DESIGN CONSIDERATIONS 

F i g u r e  4 p r e s e n t s  a road map of t r a n s i t i o n  mechanisms t h a t  can a f f e c t  t h e  
s t a b i l i t y  and e x t e n t  of n a t u r a l  l amina r  flow over  a f u s e l a g e .  The s t a b i l i t y  
of a l amina r  boundary layer ( i n  absence of s u c t i o n  o r  wall  c o o l i n g )  is d e r i v e d  
from the  magnitude of p r e s s u r e  g r a d i e n t s  a long t h e  body s u r f a c e  i n  axial  and 
c i r c u m f e r e n t i a l  d i r e c t i o n s  at a g iven  u n i t  Reynolds number and f r e e - s t r e a m  Mach 
number. Energy from sound and t u r b u l e n c e  i n  t h e  environment can be e n t r a i n e d  
i n t o  t h e  laminar  boundary l a y e r  and l ead  t o  i n c r e a s e d  a m p l i f i c a t i o n  growth of 
d i s t u r b a n c e s  i n  t h e  l amina r  layer  ( r e c e p t i v i t y  problem). Manufactur ing 
e x c r e s c e n c e s  on t h e  f u s e l a g e  s u r f a c e  can induce s t r o n g  d e s t a b i l i z i n g  
d i s t u r b a n c e s  i n  t h e  boundary l a y e r ,  r e s u l t i n g  i n  immediate t r a n s i t i o n  (bypass  
mechanism), and can g e n e r a t e  l a r g e  l o c a l  p r e s s u r e  g r a d i e n t s  which a l l o w  sound 
and t u r b u l e n c e  t o  be e n t r a i n e d  ( r e c e p t i v i t y ) .  

Body shape for axial and circumferential pressure 
gradients (Tollmien-Schlichting and CrOSSf low instabilities) 
Noise and turbulence environment (receptivity) 
Manufacturing tolerances (bypasses) 

Reynolds number 
Mach number (flow compressibility) 

F i g u r e  4 
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PAST INCOMPRESSIBLE BODY TRANSITION EXPERIMENTS 

10 

P a s t  e x p e r i m e n t a l  t r a n s i t i o n  r e s u l t s  are main ly  a v a i l a b l e  €or 
ax i symmet r i c  i n c o m p r e s s i b l e  ( u n d e r w a t e r )  body shapes .  Wind-tunnel r e s u l t s  a t  
h i g h  s u b s o n i c  Mach number ( R e f e r e n c e  6 )  p e r t a i n  t o  low l e n g t h  Reynolds  
numbers. F i g u r e  5 p r e s e n t s  t h e  measured e x t e n t  of n a t u r a l  l a m i n a r  f l o w  
( e x p r e s s e d  as a t r a n s i t i o n  Reynolds  number based on a x i a l  l e n g t h )  as a 
f u n c t i o n  of t h e  body f i n e n e s s  r a t i o  F , d e f i n e d  as r a t i o  of body l e n g t h  to  
body d i a m e t e r  f o r  i n c o m p r e s s i b l e  c o n d f t i o n s .  
r a t i o  l e a d s  t o  an i n c r e a s e  i n  axial p r e s s u r e  g r a d i e n t s  f o r  a body w i t h  
c o n s t a n t  i n t e r n a l  volume. F i g u r e  5 shows t h a t  a l a r g e  i n c r e a s e  i n  t h e  amount 
o f  l amina r  f low is  o b t a i n e d  when f i n e n e s s  r a t i o  is reduced.  Re fe rence  7 
p r e s e n t s  r e s u l t s  of some of t h e  l o w - f i n e n e s s - r a t i o  f i n d i n g s  i n d i c a t e d  i n  t h i s  
€ i g u r e .  F u s e l a g e s  of b u s i n e s s - j e t  and commuter t ype  a i r c r a f t  are 
c h a r a c t e r i z e d  by € i n e n e s s  r a t i o s  of 5 t o  9. F i g u r e  5 a l s o  shows t h a t  l i m i t e d  
e x p e r i m e n t a l  r e s u l t s  are a v a i l a b l e  f o r  axisymmet r i c  shapes  i n  t h i s  d e s i g n  
area. However, some of t h e  fo rebody  shapes  t e s t e d  are t y p i c a l  € o r  unde rwa te r  
a p p l i c a t i o n s .  No e x p e r i m e n t a l  r e s u l t s  are a v a i l a b l e  f o r  nonaxisymmetr ic  
g e o m e t r i e s  a t  r e l e v a n t  l e n g t h  Reynolds  numbers t o  d e f i n e  p r a c t i c a l  l i m i t s  f o r  
NLF d e s i g n  f a c t o r s  g i v e n  i n  F i g u r e  4 .  

A d e c r e a s e  of body f i n e n e s s  

. 

0- Boltz-Pfenninger ( 1956) 

0 5 10 15 2 0 ~ 1 0 ~  
Body transition length-Reynolds number R TR 

Figure 5 
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To i n v e s t i g a t e  t h e  e x t e n t  and s t a b i l i t y  of laminar  f low over a p r a c t i c a l  
nonaxisymmetric f u s e l a g e  a f l i g h t - t e s t  program has been s t a r t e d  i n  c o o p e r a t i o n  
wi th  Cessna Aircraft Company us ing  a Cessna T303 "Crusader" l i g h t  twin-engine 
p r o p e l l e r - d r i v e n  a i r c r a f t  ( F i g u r e  6).  P r e l i m i n a r y  a n a l y s i s  of a x i a l  p r e s s u r e  
g r a d i e n t s  over  t h e  o r i g i n a l  f u s e l a g e  forebody i n d i c a t e d  a s t r o n g  p o t e n t i a l  f o r  
l a m i n a r  f low i n  c r u i s e  and climb c o n d i t i o n s .  The i n d i c a t e d  nose s u r f a c e  
c o n s t i t u t e s  about 5 percent  of t h e  t o t a l  f u s e l a g e  wet ted area. The product ion-  
q u a l i t y  forebody ( p a i n t e d  b l a c k  i n  F igure  h f o r  f l o w - v i s u a l i z a t i o n  
o b s e r v a t i o n s )  r e q u i r e d  smoothing wi th  body f i l l e r  and subsequent  sanding of 
r i v e t  l i n e s  and l a p  j o i n t s  t o  prevent  premature t r a n s i t i o n .  Proximi ty  of t h e  
p r o p e l l e r  propuls ion  system t o  t h e  forebody a l lows  s tudy  of p o s s i b l e  e f f e c t s  
of p r o p e l l e r  and engine n o i s e  on mode and l o c a t i o n  of t r a n s i t i o n  over  the  
f u s e l a g e  nose.  F i g u r e  6 a l s o  shows t h e  wing-mounted boom f o r  s t a t i c  and t o t a l  
r e f e r e n c e  p r e s s u r e s  and angle-of -a t tack  and angle-of -s ides l ip  i n d i c a t o r s .  

F i g u r e  6 

867 



T-303 NLF FUSELAGE FLIGET EXPERIMENT 

I n s t a l l e d  t r a n s i t i o n  i n s t r u m e n t a t i o n  on the  T303 forebody is g iven  i n  
F i g u r e  7 .  P r e s s u r e  p o r t  l i n e s  a long 7 mer id i an  l i n e s  measure t h e  p r e s s u r e  
f i e l d  over  t he  nose and p o s s i b l e  streamtube e f f e c t s  i n  t h e  proximity of t h e  
p r o p e l l e r  p l a n e .  Loca t ion  of t r a n s i t t o n  and e x t e n t  of t he  t r a n s i t i o n  p rocess  
is measured by 3 l i n e s  of s t a g g e r e d  s u r f a c e  hot f i l m s ,  one l i n e  on top ,  p o r t  
and s t a r b o a r d  s i d e  of t he  f u s e l a g e  nose r e s p e c t i v e l y .  The s igna l - to -no i se  
c h a r a c t e r i s t i c s  of t h e s e  high-impedance hot f i l m s  w i l l  a l l ow spectral a n a l y s i s  
of t he  s i g n a l  t o  i d e n t i f y  energy d i s t r i b u t i o n  i n  the  frequency domain of each 
hot f i l m .  To i d e n t i f y  and q u a n t i f y  the e x t e r n a l  environment t o  which t h e  
l amina r  boundary layer is s u b j e c t e d ,  3 f l u s h  mounted microphones are i n s t a l l e d  
i n  the  nose area and a s ing le -wi re  f r ee - s t r eam- tu rbu lence  probe i s  mounted n e a r  
t h e  p o r t  wing t i p .  Engine and p r o p e l l e r  power arid R P M  s e t t i n g s  are a l s o  
measured by t h e  onboard d a t a  s y s t e m .  

7 sur face  pressure p o r t  l i n e s  (140 p o r t s )  
- Nose pressure d i s t r i b u t i o n  
- P r o p e l l e r  streamtube e f f e c t  

39 staggered M&M 5 0 ~ 2  hot  f i l m s  
- Boundary-layer i n t e r m i t t e n c y  
- Spect ra l  content  ( T A U  Frequencies) 

3 F lush mounted B&K microphones 
- Acoust ic  environment 

T S I  f reest ream turbulence probe 
- Turbulence environment 

P r o p e l l e r s  and gas generator RPM and power s e t t i n g s  

Figure  7 
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BOUNDARY-LAYER STABILITY ANALYSIS OVER NONAXISYPIMETRIC 
FUSELAGE FOBEBODY 

Computational assessment of stability of the laminar boundary layer over 
the fuselage forebody is carried out along the steps indicated in Figure 8. 
Inviscid surface pressure distributions are determined for the complete 
fuselage geometry. Using a quasi-axisymmetric approach the laminar boundary- 
layer development is determined using a finite-difference scheme. Streamwise 
Tollmien-Schlichting (T.S.)  stability is determined using the boundary-layer 
profiles calculated by the finite-dif ference method. I n  the present briefing 
only an assessment of the T.S. Stability is presented. A full three- 
dimensional analysis of stability of the laminar boundary layer (i.e., 
including the effect of boundary-layer cross flow) will be commenced as soon as 
the required computational tools are available to the authors. 

Inviscid p'ressure distribution 
Axisymmetric-analogue approach 

- Quasi-axisymmetric boundary-layer analysis 
- Tollmien-Schlichting stability analysis 

Full three-dimensional approach 
- 3-D boundary-layer analysis 
- Tollmien-Schlichting and crossflow stability analysis 

Figure 8 
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Figure  9 shows t h e  i n v i s c i d  p r e s s u r e  d i s t r i b u t i o n  over t h e  T303 forebody 
a s  p r e d i c t e d  by t h e  VSAERO panel method (Reference 8) a t  t h e  i n d i c a t e d  f l i g h t  
c o n d i t i o n s  e The p r e s s u r e  contour  p l o t s  show a moderately f a v o r a b l e  p r e s s u r e  
g r a d i e n t  ( f low a c c e l e r a t i o n )  i n  t h e  a x i a l  d i r e c t i o n  from t h e  nose ( s t a g n a t i o n  
a r e a )  towards t h e  windshie ld .  On top of t h e  f u s e l a g e  a p r e s s u r e  recovery n e a r  
t h e  windshield can be observed r e s u l t i n g  i n  an adverse  a x i a l  p r e s s u r e  g r a d i e n t  
towards t h e  windshie ld .  A moderate p r e s s u r e  g r a d i e n t  i s  p r e d i c t e d  i n  t h e  
c i r c u m f e r e n t i a l  d i r e c t i o n  from t h e  symmetry l i n e  t o  t h e  s i d e  of t h e  
f u s e l a g e .  These c i r c u m f e r e n t i a l  g r a d i e n t s  w i l l  induce c u r v a t u r e  of t h e  
s t r e a m l i n e s  and can r e s u l t  i n  boundary-layer cross f low and p o s s i b l e  c ross - f low 
i n s t a b i l i t y .  

F igure  9 
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11303 RLP PUSELAGE PLIGHT EXPERIMENT 
COMPARISON OF MEA!%IRED AND CALCUWLTED PLUSSURE DISTRIBUTIONS 

F i g u r e  10a p r e s e n t s  a comparison of t h e  VSAERO p r e d i c t i o n  and t h e  
measured p r e s s u r e  d i s t r i b u t i o n  a long  mer id i ans  a t  0 and 45 degrees  r a d i a l s  at  
ze ro  a n g l e s  of a t t a c k  and s i d e s l i p .  F i g u r e  10b g i v e s  the  comparison f o r  t h e  
p r e s s u r e  l i n e s  on both s i d e s  of t he  f u s e l a g e .  A good agreement can be 
observed between t h e  measurements and the  c a l c u l a t i o n s  f o r  t h i s  f l i g h t  
c o n d i t i o n .  The e f f e c t  of a s u r f a c e  wave near  t he  radome j o i n t  at FS 44.0 
a long  t h e  0 d e g r e e s  r a d i a l  can be observed i n  t h e  measured p r e s s u r e  
d i s t r i b u t i o n  ( F i g u r e  l o a ) .  The e f f e c t  of t h e  p r o p e l l e r s  and p r o p e l l e r -  
r o t a t i o n  d i r e c t i o n  on t h e  p r e s s u r e  d i s t r i b u t i o n  can be seen i n  F i g u r e  lob.  
The r o t a t i o n  s e n s e  of both p r o p e l l e r s  is coun te r  c lockwise  when look ing  from 
t h e  nose to t h e  t a i l  of t h e  f u s e l a g e .  Consequent ly ,  a l o c a l  a c c e l e r a t i o n  and 
d e c e l e r a t i o n  is measured nea r  t h e  p r o p e l l e r  p l ane  on the  p o r t  s i d e  and 
s t a r b o a r d  s i d e  r e s p e c t i v e l y ,  due t o  s u p e r p o s i t i o n  of the p rope l l e r - induced  
f l o w f i e l d  over  t h e  b a s i c  f l o w f i e l d  ove r  the nose. 
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T303 NLF FUSELAGE FLIGHT EXPERIMENT 
Comparison Measured and Calculated Pressure Distributions 
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F i g u r e  11 shows t h e  VSAERO p r e d i c t i o n  of i n v i s c i d  s u r f a c e  v e l o c i t i e s  i n  
c i r c u m f e r e n t i a l  d i r e c t i o n s  f o r  two angles  of a t t a c k  ( z e r o  s i d e s l i p )  over  t h e  
nonaxisymmetric T303 f u s e l a g e .  A t  ze ro  angle  of a t t a c k  a l i n e  of z e r o  
c r o s s  f l o w  can b e  observed n e a r  t h e  45 degree  r a d i a l  p o s i t i o n .  I n  t h e  a r e a  on 
top  of t h e  f u s e l a g e  nose between t h i s  l i n e  and t h e  v e r t i c a l  symmetry p lane  a 
c i r c u m f e r e n t i a l  ( n e g a t i v e )  c r o s s  f low towards t h e  symmetry p l a n e  is  
p r e d i c t e d .  For r a d i a l  p o s i t i o n s  t o  t h e  l e f t  of t h i s  l i n e  t h e  i n v i s c i d  
c i r c u m f e r e n t i a l  f low is p o s i t i v e .  E x i s t e n c e  of r e v e r s a l  of i n v i s c i d  cross-f low 
v e c t o r s  p r e s e n t s  formidable  numerical  problems f o r  three-dimensional  boundary- 
l a y e r  s o l v e r s ,  as d i s c u s s e d  i n  Reference 9. An i n c r e a s e  i n  angle  of a t t a c k  
( s e e  r i g h t  s i d e  of F i g u r e  11) r e s u l t s  i n  an i n c r e a s e  i n  magnitude of 
c i r c u m f e r e n t i a l  v e l o c i t i e s  and a s h i f t  of t h e  r e v e r s a l  l o c a t i o n  t o  t h e  lower 
quadrant  of t h e  f u s e l a g e  nose.  The magnitude of i n v i s c i d  c r o s s  f low and its 
p o t e n t i a l  e f f e c t s  on three-dimensional  boundary-layer s t a b i l i t y  can be 
a s s e s s e d  t o  f i r s t  o r d e r  by r e l a t i n g  t h e  magnitude of i n v i s c i d  c r o s s  f low 
p r e d i c t e d  f o r  t h e  f u s e l a g e  t o  t h e  cross-f low magnitude o v e r  a swept wing. An 
i n v i s c i d  cross-f low v e l o c i t y  vRi/Uinf = .250 o c c u r s  i n  t h e  leading-edge r e g i o n  
of a wing wi th  15 d e g r e e s  sweep. From previous  laminar-flow experiments  on 
swept wings i t  is known t h a t  c r o s s  f low becomes t h e  dominant i n s t a b i l i t y  
phenomenon only  i f  wing leading-edge sweep is  l a r g e r  than 20 t o  25 degrees .  

F igure  11 
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Figure 12a and 12b show the extent. of laminar flow and the  loca t ion  of 
the  t r a n s i t i o n  f r o n t  as ind ica ted  by the  res idue  of subl imat ing chemical 
(naphthalene)  a t  V = 170 k t s  a t  10,000 f t .  On top of the  fuse lage  nose 
t r a n s i t i o n  occurs about 12 inches ahead of the  p r o p e l l e r  plane (Figure 12b). 
I d e n t i f i c a t i o n  of t r a n s i t i o n  ex ten t  on the  por t  s i d e  of t he  fuse lage  was 
impossible  due t o  roughness t r a n s i t i o n  near the  nose during t h i s  f l i g h t  (see 
f i g u r e  12a). T r a n s i t i o n  ex ten t  on the s ta rboard  fuse l age  s i d e  (not  shown 
he re )  i s  s i m i l a r  t o  the l o c a t i o n  on top. Note the  e f f e c t  of sweep of the  
lead ing  edge of t he  masking-tape s t r i p s ,  used as coord ina te  sys t em re fe rences ,  
on t r a n s i t i o n :  t r a n s i t i o n  as evidenced by a tu rbu len t  wedge occurs 1 t o  2 
inches behind the beginning of the  tape, suggest ing a r e l i e v i n g  e f f e c t  on t h e  
roughness height  as perceived by the laminar boundary l a y e r  due t o  the  sweep 
angle (See Reference 10). 

F i g u r e  12a 
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F i g u r e  12b 
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T303 FUSELAGE FOREBODY ANALYSIS 
TOLLMIEN-SCHLICHTING STABILITY ANALYSIS - AXISYWTRIC ANALOGUE APPROACR 

For t h r e e  s t r e a m l i n e s  over  t h e  top,  s i d e ,  and lower quadran t  of t h e  
f u s e l a g e  forebody ( i n d i c a t e d  as S 1 ,  S2 and 53 r e s p e c t i v e l y  i n  F igu re  1 3 ) ,  
boundary-layer development has been c a l c u l a t e d  using an axisymmetr ic  analogue 
approach. For each s t r e a m l i n e ,  an e q u i v a l e n t  axisymmetric body shape i s  
d e f i n e d  using axial  and r a d i a l  c o o r d i n a t e s  of t he  s t r e a m l i n e  as meridian.  
T h i s  approach is j u s t i f i e d  i n  t h e  absence of s t r o n g  s t r e a m l i n e  d ive rgence  and 
boundary-layer c r o s s  f low (Reference 11). The axisymmetr ic  boundary-layer 
development a long each s t r e a m l i n e  is c a l c u l a t e d  us ing  a modif ied v e r s i o n  of 
Harris's method (Refe rence  12) .  Using a s p e c t r a l  method (Refe rence  13 ) ,  t h e  
incompress ib l e  l inear  Tol lmien-Schl icht ing s t a b i l i t y  of t h e  l amina r  boundary 
l a y e r  is determined for  each s t r e a m l i n e  along the  body s u r f a c e  f o r  a range of 
d i s t u r b a n c e  f r e q u e n c i e s  at  t h e  i n d i c a t e d  u n i t  Reynolds number. F i g u r e  13a 
shows t h e  frequenc,y enve lopes  f o r  t h e  t h r e e  s t r e a m l i n e s  as f u n c t i o n  
of  a x i a l  nose d i s t a n c e .  Most a m p l i f i e d  T.S. d i s t u r b a n c e  f r e q u e n c i e s  range 
from 1750 t o  3000 Hz f o r  t he  g iven  f l i g h t  c o n d i t i o n .  By comparison, t h e  
fundamental  p r o p e l l e r  and g e n e r a t o r  t u r b i n e  f r e q u e n c i e s  are approximately 100 
Hz and 800 Hz, r e s p e c t i v e l y .  A l o g a r i t h m i c  a m p l i f i c a t i o n  f a c t o r  ( " n - f a c t o r " )  
of 9 i s  p r e d i c t e d  i n  t h e  r eg ion  of t h e  p r o p e l l e r  p l ane  a t  R' =1,400,000 a t  
ze ro  ang le  of a t t a c k  ( F i g u r e  13a) .  Using the  e n - s t a b i l i t y  method as a 
t r a n s i t i o n  p r e d i c t i o n  t o o l ,  and n=9 as c r i t e r i o n  f o r  t r a n s i t i o n  o n s e t ,  
t r a n s i t i o n  due t o  T.S. i n s t a b i l i t y  is expected t o  s t a r t  near  t h e  p r o p e l l e r  
p l a n e  i n  t h e  absence of e x t e r i o r  d i s t u r b a n c e s  ( n o i s e  of a p p r o p r i a t e  f requency 
and energy l e v e l s ,  f r e e - s t r e a m  t u r b u l e n c e ,  and manufac tu r ing  i m p e r f e c t i o n s ) .  
The observed t r a n s i t i o n  f r o n t  a t  a s l i g h t l y  h ighe r  u n i t  Reynolds number i n  
F i g u r e  12 co r re sponds  t o  a c a l c u l a t e d  "n-factor"  of about 6 t o  8 i n  F i g u r e  
13a. 

F i g u r e  13b shows the  c a l c u l a t e d  T.S. a m p l i f i c a t i o n  f a c t o r s  a long 
s t r e a m l i n e s  a t  an ang le  o€ a t t a c k  of 5 deg rees .  An "n-factor"  of 9 i s  
p r e d i c t e d  t o  occur  s l i g h t l y  ahead of the p r o p e l l e r  plane over  t h e  t o p  of t he  
f u s e l a g e  forebody,  while  a lower T.S. i n s t a b i l i t y  growth is p r e d i c t e d  ove r  
t h e  lower quadrant  O E  t h e  nose due t o  an i n c r e a s e d  f a v o r a b l e  a x i a l  p r e s s u r e  
g r a d i e n t  a t  p o s i t i v e  ang le  of a t t a c k .  
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T303 FUSELAGE FOREBODY ANALYSIS 
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n o 3  NLF FUSEWE FLIGHT EXPERIMENT 
BOT-FILM BOUNDARY-LAYER TURBULENCE INTERMITTENCY 

F i g u r e  14a and 14b show t h e  observed t u r b u l e n t  i n t e r m i t t e n c y  of t he  hot- 
f i l m  s i g n a l s  over  t h e  top and s t a r b o a r d  s i d e  of t he  Euselage nose r e s p e c t i v e l y  
for  a f l i g h t  c o n d i t i o n  s i m i l a r  t o  the one shown i n  F igu re  13 (R'=1,700,000).  
Hot-film i n t e r m i t t e n c y  shows t r a n s i t i o n  t o  occur about 1 f o o t  upstream of the 
p r o p e l l e r  p l ane  ( t r a n s i t i o n  l o c a t i o n  being de f ined  here  by 50-percent 
i n t e r m i t t e n c y )  i n  agreement w i t h  t h e  f l o w  v i s u a l i z a t i o n  p a t t e r n .  Note a 
r e d u c t i o n  i n  I n t e r m i t t e n c y  from 65 t o  50 percent downstream of the  p r o p e l l e r  
p l a n e  ( i n d i c a t e d  by the  s o l i d  symbol i n  t h e  i n t e r m i t t e n c y  p l o t )  i n  t h i s  f l i g h t  
c o n d i t i o n  on both top  and s i d e  of t he  f u s e l a g e  nose. The l o c a l  f a v o r a b l e  
p r e s s u r e  g r a d i e n t  immediately behind t h e  p r o p e l l e r  plane ( s e e  F igu re  10a and 
lob)  might e x p l a i n  the  observed r e d u c t i o n  i n  t u rbu lence  I n t e r m i t t e n c y .  Higher 
t u r b u l e n t  i n t e r m i t t e n c y  for  the  t h i r d  hot f f l m  i n  both a r r a y s  is a t t r i b u t e d  t o  
t u r b u l e n t  con tamina t ion  of t he  p rev ious  hot f i l m  and i t s  l ead  wires i n  t h e  
s t a g g e r e d  array. 

a = 0" , P = 0, R '  = 1,700,000 
M = 0,30,  V = 175 k ts ,  h = 10,000 f t  

FUSELAGE TOP 

Turbu I ent L n Propeller Plane 

FS 100 80 60 40 

2ot , JJ, , La;inar, , 

0 
40 60 80 100 

Fuselage Station, FS I n ,  

Figure 14a 
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T303 NLP FUSELAGE FLIGHT EXPERIMENT 
HOT-FILM BOUNDARY-LAYER TURBULENCE INTERMITTENCY 

Turbu len t  i n t e r m i t t e n c i e s  ob ta ined  f o r  both hot-f i lm arrays are shown f o r  
a reduced u n i t  Reynolds number R' = 800,000 a t  ze ro  ang le  of a t t a c k  i n  Figure  
15a and 15b. Decrease i n  Reynolds number for t h i s  f l i g h t  c o n d i t i o n  r e s u l t s  i n  
a l a r g e  i n c r e a s e  i n  laminar  run on both top and s i d e  of t he  f u s e l a g e .  
T r a n s i t i o n  onse t  is i n d i c a t e d  t o  occur behind the  p r o p e l l e r  p l a n e ,  wh i l e  
i n t e r m i t t e n c i e s  i n  t h e  t u r b u l e n t  boundary layer  beyond FS 90 grow t o  l e v e l s  
ove r  80 pe rcen t ,  i n  c o n t r a s t  t o  t h e  l e v e l s  i n d i c a t e d  i n  F i g u r e s  14 a t  t h e  
h i g h e r  u n i t  Reynolds number. 

a = 0" , P = 0, R '  = 800,000 
M = 0 ,17 ,  V = 100 k ts ,  h = 17,500 f t  

FUSELAGE TOP 

I loo r 

FS 100 80 60 40 

Tu, 
% 4ot  I" Laminar 

20 

0 

- 
I I I -  

v 1 

40 60 80 100 
Fuselage Station, FS In. 

F i g u r e  15a 

i 
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T303 NLF FUSELAGE FLIGHT EXPERIMENT 
Hot Film Boundary-Layer Turbulence Intermittency 

a = 0" , P = 0, R '  = 80OJ0O0 
M = 0 ,17 ,  V = 100 kts, h = 17,500 ft 
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F i g u r e  15b  
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T303 NLP RISELACX FLIGET EXPERIMENT 
PRELIMINARY PLIGHT-TEST RESULTS 

CONTINUATION FLIGHT-TEST PROGRAM 

The r e s u l t s  from on ly  a l i m i t e d  number of f l i g h t s  and i n i t i a l  d a t a  
r e d u c t i o n  are summarized i n  F igu re  16a. Con t inua t ion  of t h e  f l i g h t  program i s  
planned t o  e x p l o r e  t h e  l o c a t i o n  and mode of t r a n s i t i o n  on t h i s  nonaxisymmetric 
f u s e l a g e  shape under va ry ing  f l i g h t  c o n d i t i o n s  as i n d i c a t e d  i n  F igu re  16b. 
The p r o t o t y p e  a i r p l a n e  used in t h i s  program a l lows  fo r  extended g l i d e  f l i g h t  
w i t h  wind-mill ing p r o p e l l e r s  and s topped g e n e r a t o r s .  Study of t r a n s i t i o n  
l o c a t i o n  wi thou t  s t r eamtube  and noise  e f rec ts  of t he  p r o p e l l e r s  and g e n e r a t o r s  
p r o v i d e s  an o p p o r t u n i t y  t o  assess a c o u s t i c  r e c e p t i v i t y  phenomena in t h e  
boundary l a y e r  under s tudy.  Subsequent a n a l y s i s  of microphone and hot- f ilm 
s i g n a l s  i n  time and €requency domain i s  planned t o  h e l p  unde r s t and ing  of the 
t r a n s i t i o n  p rocess  under va ry ing  f l i g h t  c o n d i t i o n s .  Ana lys i s  of s t a b i l i t y  of 
t h e  laminar  boundary l aye r  over t he  f u s e l a g e  nose using a f u l l  t h ree -  
dimensional  method can determine in d e t a i l  t h e  s i g n i f i c a n c e  of cross f l o w  i n  
t h e  l o c a t i o n  of t r a n s i t i o n  as measured with the  hot  films. 

Preliminary Flight Test Results 

Agreement p ressure  d i s t r i b u t i o n  c a l c u l a t i o n  wi th 

Observed e x t e n t  o f  laminar boundary l aye r  a t  a = O 0  

measurement a t  a = O o  (a=Oo) 

( P = O " )  is  2 , 5  t o  4 , s  f t  a long s u r f a c e :  
RTR = 2,O-5,O m i l l i o n  

i n  observed t r a n s i t i o n  range 
Ca lcu la ted  T , S ,  a m p l i f i c a t i o n  f a c t o r  is 6-9 

F i g u r e  16a 

Continuation Flight Test Program 

Planned flight matrix 
-2"  a 7#5" 

-10" c P - 10" 
750,000 < R '  < 2,500,000 
Propeller/generator power setting/RPM 
(including glicle fiights) 

Spectral analysis hot film and mtcrophone signals 
IdentifiCatlOn transition mode(s) 

F i g u r e  16b 
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EFFECT OF PLIGHT ALTITUDE ON UNIT REYNOLDS NUMBER 

The t r a n s i t i o n  o b s e r v a t i o n s  over  t h e  nonaxisymmetric f u s e l a g e  shape 
o b t a i n e d  i n  t h i s  f l i g h t  program are ob ta ined  a t  low Mach numbers (0.20 t o  
0.35) and f l i g h t  a l t i t u d e s  from 5,000 t o  20,00Oft,  r e s u l t i n g  i n  u n i t  Reynolds 
numbers of 750,000 t o  2,500,000 p e r  f o o t  ( F i g u r e  17).  Typ ica l  f l i g h t  
c o n d i t i o n s  of subson ic  (and s u p e r s o n i c )  t r a n s p o r t s  occur  a t  comparable u n i t  
Reynolds numbers, however, a t  c o n s i d e r a b l y  h i g h e r  f l i g h t  a l t i t u d e s  and Mach 
numbers. A s  demonstrated i n  Reference 1 f o r  a b u s i n e s s - j e t  type body shape ,  
To l lmien -Sch l i ch t ing  s t a b i l i t y  of t h e  axisymmetr ic  l amina r  boundary l a y e r  i s  
g r e a t l y  i n c r e a s e d  when Mach number i n c r e a s e s  t o  0.80 as compared t o  
i n c o m p r e s s i b l e  c o n d i t i o n s .  T r a n s i t i o n  l e n g t h  Reynolds numbers of 20 m i l l i o n  
( s e e  F i g u r e  5) and h i g h e r  seem p o s s i b l e  at  high-subsonic  f low c o n d i t i o n s  when 
t h e  f a v o r a b l e  e f f e c t  OE f low c o m p r e s s l b l i t y  on boundary-layer s t a b i l i t y  is 
inc luded .  Study of e f f e c t s  of nonaxisymmetry and n o i s e  on t r a n s i t i o n  l o c a t i o n  
o v e r  a p r a c t i c a l  f u s e l a g e  shape,  which are i n v e s t i g a t e d  i n  t h e  p r e s e n t  f l i g h t  
program, is r e l e v a n t  t o  assess t h e  a c h i e v a b i l i t y  of s u b s t a n t i a l  amounts of 
s u f f i c i e n t l y  s t a b l e  l amina r  Elow over  t h e  geomet r f e s  i n d i c a t e d  i n  F igu re  1. 

7x106 
6 

number, R' (ft ) 4 
3 
2 
1 

Unit Reynolds 5 
- 1  

Altitude, h (K f t )  
0 10 

20  

30 
40 
50 
60 

0 .2 .4 -6.8 1.01.21.4 

Mach number, M 

F i g u r e  1 7  
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RESEARCH NEEDS FOR LAMINAR FLOW OVER PUSELAGES 

The p r e s e n t  s tudy  is t h e  f i r s t  f l i g h t  i n v e s t i g a t i o n  of s t a b i l i t y  of 
n a t u r a l  l amina r  f low over  a pract ical  nonaxisymmetric f u s e l a g e  shape under 
v a r y i n g  f r ee - s t r eam condi- t ions.  F i g u r e  18 i n d i c a t e s  areas where f u r t h e r  work 
i s  needed t o  understand t h e  t r a n s i t i o n  p rocess  over  nonaxisyrnmetric f u s e l a g e  
geomet r i e s  and t o  d e f i n e  a p p l i c a t i o n  l i m i t s  fo r  laminar  f low over  body shapes  
i n  a f a s h i o n  similar t o  the  l i m i t s  c u r r e n t l y  emerging f o r  l amina r  flow over  
swept and unswept 1 i f  t i n g  s u r f a c e s .  D e t a i l e d  microscopic  boundary-layer 
development and boundary-layer s t a b i l i t y  measurements are needed on bod ies  a t  
s u f f  i c i e n t l y  high l e n g t h  Reynolds numbers I n  a l a r g e  low-turbulence ground 
f a c i l i t y  as w e l l  as i n  f l i g h t  t o  assess adequacy of boundary-layer and 
boundary-layer s t a b i l i t y  c a l c u l a t i o n  methods. S i m i l a r l y ,  wind-tunnel and 
f l i g h t  experiments  are r e q u i r e d  t o  i n v e s t i g a t e  t h e  s t a b i l i t y  of l amina r  flow 
over  nonaxisymmetric bod ie s  a t  subson ic  and s u p e r s o n i c  f l i g h t  c o n d i t i o n s .  
Only very l i m i t e d  s t u d i e s  of e f f e c t s  of manufactur ing i m p e r f e c t i o n s  on t h e  
s t a b i l i t y  of laminar flow over  f u s e l a g e  geomet r i e s  have been pub l i shed .  
Waviness and s t e p  t o l e r a n c e s  d e r i v e d  for  wing-like geomet r i e s  (Reference 10) 
need t o  be a s s e s s e d  f o r  f u s e l a g e  geomet r i e s  which i n  g e n e r a l  are c h a r a c t e r i z e d  
by a x i a l  p r e s s u r e  g r a d i e n t s  t h a t  are less f a v o r a b l e  than  p r e s s u r e  g r a d i e n t s  
p r e s e n t  over wings. 

Development and application o f  3-D boundary-layer 
and boundary-layer stability codes for 
fuselage geometries 
Detailed 3-D boundary-layer measurements on 
bodies at high Reynolds numbers 
Body experiments at compressible flow conditions 
Study of NLF manufacturing tolerances for 
body geometries 

Figure  18 
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SUMMARY 

EXPERIMENT DESCRIPTION 

The n a t u r a l  laminar-f low (NLF) n a c e l l e  experiment  is pa r t  of t h e  Langley 
Research Cen te r  v i scous  drag r e d u c t i o n  program, and has t h e  d u a l  o b j e c t i v e s  Of 
s t u d y i n g  t h e  e x t e n t  of NLF on f u l l - s c a l e  n a c e l l e s  i n  a f l i g h t  environment and 
t h e  effect  of a c o u s t i c  d i s t u r b a n c e  on t h e  l o c a t i o n  of t r a n s i t i o n  on t h e  
n a c e l l e  s u r f a c e .  It is a c o o p e r a t i v e  experiment  between t h e  General  E lec t r ic  
Company, t h e  Low-Speed Aerodynamics D i v i s i o n ,  and t h e  A c o u s t i c s  D i v i s i o n  of 
Langley Research C e n t e r .  Each of these o r g a n i z a t i o n s  has c o n t r i b u t e d  t o  t h i s  
paper .  

T h i s  f l i g h t  experiment  is be ing  conducted i n  two phases .  I n  Phase I ,  
which has been completed,  a n  NLF f a i r i n g  was f lown on a f u l l - s c a l e  C i t a t i o n  
n a c e l l e  t o  develop t h e  experiment  t echn ique  and e s t a b l i s h  f e a s i b i l i t y .  
R e s u l t s  of Phase I are p r e s e n t e d  i n  r e f e r e n c e s  1 and 2. I n  t h e  Phase I1 
c o n f i g u r a t i o n  shown i n  t h e  photograph,  f u l l - s c a l e ,  f l ow t h r o u g h ,  NLF n a c e l l e s  
are be ing  e v a l u a t e d .  The n a c e l l e s  are l o c a t e d  below t h e  r i g h t  wing of a n  
e x p e r i m e n t a l  N A S A  OV-1 a i r c r a f t .  One c o n t r o l l e d  n o i s e  s o u r c e  is l o c a t e d  i n  an 
underwing pod ou tboa rd  of t h e  n a c e l l e ,  and a second  is l o c a t e d  i n  t h e  n a c e l l e  
cen te rbody .  S e v e r a l  NLF n a c e l l e  geometr ies  w i l l  be f lown d u r i n g  Phase 11. 
The data p r e s e n t e d  here are f o r  t h e  s h a p e  d e f i n e d  as GE2 i n  S e c t i o n  11. Tests 
are now be ing  conducted w i t h  a th i cke r  shape ( d e f i n e d  as G E 3 ) ,  bu t  t h o s e  data 
are no t  a v a i l a b l e  a t  t h i s  time. 

Phase II Configura~ion 
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SUMMARY ( c o n c l .  ) 

The measurements of pr imary i n t e r e s t  are t h e  s t a t i c  p r e s s u r e  d i s t r i b u t i o n  
and t r a n s i t i o n  l o c a t i o n  on t h e  n a c e l l e  s u r f a c e ,  a n d  t h e  f l u c t u a t i n g  p r e s s u r e  
l e v e l s  a s s o c i a t e d  w i t h  t h e  n o i s e  s o u r c e s .  (These measurements are discussed 
i n  more d e t a i l  i n  l a t e r  s e c t i o n s  of the  pape r . )  Data a r e  c o l l e c t e d  i n  
s t r a i g h t  and l e v e l  f l i g h t ,  w i th  t h e  n o i s e  s o u r c e s  o f f ,  and with v a r i o u s  
combinat ions of a c o u s t i c  f r e q u e n c ' e s  and sound press3r-e l e v e l s .  The t e s t  nunit 
Reynolds number is about  1.8 x 10 per f o o t .  During data a c q u i s i t i o n ,  t h e  
r ight ,  hand a i r c r a f t  eng ine  is fea thered  t o  reduce propQller  i n t e r f e r e n c e  
e f f e c t s .  

k 

RESULTS 

The r e s u l t s  of t h e  Phase I1 tests t o  d a t e  i n d i c a t e  t h a t  on s h a p e  GE2, 
n a t u r a l  l amina r  f low was ma in ta ined  as f a r  a f t  as t h e  a f t e r b o d y  j o i n t  a t  50 
p e r c e n t  of t h e  nacelle l e n g t h .  An a f t  f a c i n g  s t e p  a t  t h i s  j o i n t  caused 
premature t r a n s i t i o n  a t  t h i s  s t a t i o n .  No change was observed i n  t h e  
t r a n s i t i o n  p a t t e r n  whm t h e  n o i s e  s o u r c e s  were o p e r a t e d .  Computations af 
s u r f a c e  p r e s s u r e s ,  u s i n g  a low-order s u r f a c e - p a n e l  method, showed r e a s o n a b l e  
agreement w i t h  t h e  measrired pressure d i s t r i b u t i o n s ,  a l t h o u g h  t h e  magnittide 
d i f f e r e d  somewhat f r m  t h e  measured va lues .  
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N A T U R A L  L A M I N A R - F L O W  N A C E L L E  CONCEPT 

t 

The e x t e r n a l  cowl ings  of e n g i n e  n a c e l l e s  on l a r g e  tu rbofan -powered  
a i r c r a f t  are a t t r a c t i v e  c a n d i d a t e s  f o r  a p p l i c a t i o n  of n a t u r a l  l a m i n a r  f l o w .  
These n a c e l l e s  u s u a l l y  have s h o r t e r  characteris t i c  l e n g t h s  t h a n  other  
c a n d i d a t e  s u r f a c e s  s u c h  a s  wings and f u s e l a g e s  and t h e r e f o r e  have  lower 
character is t ic  Reynolds  numbers.  Also,  s i n c e  n a c e l l e s  are n o t  r e q u i r e d  t o  
p r o v i d e  l i f t ,  t h e y  can  be shaped  t o  have p r e s s u r e  d i s t r i b u t i o n s  f a v o r a b l e  t o  
l a m i n a r  f l o w  w i t h o u t  t o o  much c o n c e r n  f o r  l i f t  and moment characterist ics t h a t  
n e c e s s a r i l y  i n f l u e n c e  t h e  d e s i g n  of n a t u r a l  l a m i n a r - f l o w  wings .  

L Laminar FIOW 

(Low Cf) 

The f i g u r e  on t h e  r i g h t  shows t h e  n a t u r a l  l a m i n a r  f l o w  n a c e l l e  ( N L F )  
c o n c e p t .  On t h e  t y p i c a l  c o n v e n t i o n a l  n a c e l l e ,  shown on t h e  l e f t ,  t h e  f l o w  
accelerates t o  a c u r v a t u r e - i n d u c e d  v e l o c i t y  peak n e a r  t h e  l i p  and  t h e n  
decelerates--at f i r s t  q u i t e  r a p i d l y - - o v e r  t he  r ema inde r  of t h e  n a c e l l e  
l e n g t h .  T r a n s i t i o n  o c c u r s  n e a r  t h e  s t a r t  of t h e  d e c e l e r a t i o n ,  s o  t u r b u l e n t  
f l o w  w i t h  h i g h  f r i c t i o n  c o e f f i c i e n t  exists over m o s t  of t h e  n a c e l l e  l e n g t h .  
On t h e  o t h e r  hand ,  t h e  n a t u r a l  l a m i n a r  f l o w  n a c e l l e  is c o n t o u r e d  t o  have  an  
a c c e l e r a t i n g  f l o w  ove r  most ( a b o u t  70%) of its l e n g t h ,  s o  t r a n s i t i o n  is 
d e l a y e d ,  and a r e l a t i v e l y  l o w e r  f r i c t i o n  d r a g  exis ts  o v e r  most  of t h e  n a c e l l e .  

Conventional 
N ace I I e 

Q 
0 

Natural Laminar 
Flow Nacelle 

- 1  r Transition 

Turbulent Flow 
(High Cf) 

Laminar Flow 

t 



M O T I V A T I O N  F O R  L A M I N A R  F L O W  N A C E L L E  

The m o t i v a t i o n  f o r  development  of t h e  LFN is a p o t e n t i a l  40 t o  50 p e r c e n t  
r e d u c t i o n  i n  n a c e l l e  f r i c t i o n  drag.  For a la rge  commercial t r a n s p o r t  w i t h  
wing-pylon mounted e n g i n e s ,  t h i s  r e d u c t i o n  is e q u i v a l e n t  t o  a 1 t o  2 p e r c e n t  
r e d u c t i o n  i n  t o t a l  a i r c r a f t  drag and  c r u i s e  f u e l  burn .  

Reduction in Nacelle Friction Drag 40% to 50% 

Reduction in Aircraft Total Drag 1% to 2% 

Reduction in Cruise Fuel Burn 1% to 2% 

One 747 Uses Approximately 13,000,000 Gallons/Year 
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BACKGROUND WEND TUNNEL TESTS 

S e v e r a l  wind t u n n e l  tests have been undertaken by General  E lec t r ic  t o  
e x p l o r e  NLF n a c e l l e  des ign  parameters. Two proof-of-concept tests were run  j n  

t he  NASA Langley 1 6 - ~ o o t  Transonic  Tunnel.  The l e f t  photograph shows a t es t  
model of an i s o l a t e d  NLF n a c e l l e .  The r i g h t  photograph shows a t e s t  of an NLF 
n a c e l l e  i n s t a l l e d  on a high wing t r a n s p o r t  model. The tests v a l i d a t e d  t h e  
estimated drag r e d u c t i o n  and i n d i c a t e d  t h a t  i n s t a l l a t i o n  effects  d i d  n o t  
a d v e r s e l y  a f fec t  t h e  r e d u c t i o n .  

The c o n t o u r i n g  r e q u i r e d  t o  achieve  n a t u r a l  laminar  f l a w  r e s u l t s  i n  a 
s h a r p e r  e x t e r n a l  l i p  t h a n  t h a t  on a convent iona l  n a c e l l e .  T h e r e f o r e ,  t h e  NLF 
n a c e l l e  m u s t  o p e r a t e  at  h igher  mass f low r a t i o  t o  avoid  a l i p  v e l o c i t y  peak 
that  would cause t r a n s i t i o n .  For t h e  same t h r o a t  area, t h e  NLF n a c e l l e  m u s t  
t h e n  have a lower i n t e r n a l  c o n t r a c t i o n  r a t i o ,  s o  t he  i n t e r n a l  l i p  is a l s o  
sharper. There is ,  of c o u r s e ,  a r e a s o n  f o r  b l u n t  l i p s  on c o n v e n t i o n a l  
n a c e l l e s .  These l i p s  a l low the  i n l e t  t o  o p e r a t e  s e p a r a t i o n - f r e e  w i t h  
a c c e p t a b l e  r e c o v e r y  and d i s t o r t i o n  a t  o f f - d e s i g n ,  cross-wind,  and engine-out  
c o n d i t i o n s .  Achieving good o f f - d e s i g n  performance and o p e r a b i l i t y  is the 
g r e a t e s t  c h a l l e n g e  f a c i n g  t h e  NLF n a c e l l e  d e s i g n e r .  

Approaches t o  the o f f - d e s i g n  c h a l l e n g e  have i n c l u d e d  tests i n  ONERA wind 
t u n n e l s  of a n a c e l l e  w i t h  i n t e r n a l  l i p  s u c t i o n  and a n a c e l l e  wi th  t r a n s l a t i n g  
l i p .  These models are shown i n  t h e  two photographs on t h e  next  page. 

Nacelle on Wig 

Isolated NLF N a c e ~ ~ e  
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NACELLE WITH TRANSLATING LIP 
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N O 1  SE- -AN IMPORTANT DES I GN CONS I DE R A T  I O N  

Given  t h e  d i f f i c u l t i e s  a s s o c i a t e d  wi th  s h a r p - l i p  i n l e t s  , i t  is d e s i r a b l e  
t o  use t h e  b l u n t e s t  l i p  (less f a v o r a b l e  p r e s s u r e  g r a d i e n t )  t h a t  w i l l  s t i l l  
m a i n t a i n  l a m i n a r  flow i n  t he  p r e s e n c e  of p r e v a i l i n g  d e s t a b l i z i n g  f a c t o r s .  One 
s u c h  d e s t a b l i z i n g  f a c t o r  is n o i s e .  

Many wind t u n n e l  e x p e r i m e n t s  have d e m o n s t r a t e d  t h e  s e n s i t i v i t y  of  l a m i n a r  
boundary  l a y e r s  t o  a c o u s t i c  d i s t u r b a n c e s  of a p p r o p r i a t e  f r e q u e n c i e s  and 
a m p l i t u d e s .  These d i s t u r b a n c e s  e x c i t e  T o l l m i e n - S c h l i c h t i n g  (T-S) waves and  
have  been shown t o  lower  t h e  c r i t i ca l  Reynolds  number. A m p l i f i c a t i o n  of  T-S 
waves is the  p r i m a r y  t y p e  of  i n s t a b i l i t y  i n  t h e  a c c e l e r a t i n g ,  t w o - d i m e n s i m a l  
f l o w  o v e r  a smooth  NLF n a c e l l e  i n  t h e  l o w - t u r b u l e n c e ,  cryise  f l i g h t  r eg ime .  

P o t e n t i a l  n o i s e  s31rces i n  f l i g h t  i nc l l i de  b o t h  a i r f r a m e  and  p r o p u l s i o n  
s y s t e m  components as shown below. However , f l i g h t  e x p e r i m e n t s  of a c o u s t i c  
e f f e c t s  on l a m i n a r  f l o w  are few a n d  n o t  d e f i n i t e  i n  t h e i r  r e s u l t s .  The 
r e s u l t s  of a p r e l i m i n a r y  a n a l y t i c a l  s t a b i l i t y  s t u d y  of a NLF n a c e l l e  a t  c r u i s e  
are  shown i n  t h e  f i g u r e  on t h e  n e x t  page.  T h i s  T i g u r e  shows t h e  computed 
n e u t r a l  s t a b i l i t y  c u r v e  as a f u n c t i o n  of chordwise distance and  f r e q u e n c y  
n o r m a l i z e d  by t h e  b l a d e  p a s s i n g  f r e q u e n c y .  The s t u d y  i n d i c a t e d  there were 
r e g i o n s  where T-S waves may be a m p l i f i e d  by t h e  dominant  and ha rmon ic  
f r e q u e n c i e s  of the e n g i n e ‘ s  f a n .  

POTENTIAL CRUISE NOISE SOURCES 

P ROPU LSlON SOURCES 

FAN 
COMPRESSOR 
TURBINE 
CORE/COM BU STI ON 
JET 

AIRFRAME SOURCES 

. TURBULENT BOUNDARY LAYERS 
TRAILING EDGES AND WAKES 
ATMOSPHERIC DISTURBANCES 
OSCILLATING SHOCKS 
SEPARATED FLOWS 
IMPINGING FLOWS 
CAVITIES 
PROJECTIONS 
PANEL VIBRATIONS 
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TURBOFAN S T A B I L I T Y  A N A L Y S I S  
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STREAMWISE S T A T I O N  ON NACELLE 
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WHY A FLIGHT TEST? 

I n  wind t u n n e l  tests of NLF n a c e l l e s ,  a s  w i t h  many o t h e r  wind t u n n e l  
t r a n s i t i o n  tests of a i r c r a f t  components ,  t h e r e  is c3ncer-n a b o u t  t h e  
a p p l i c a t i o n  of r e s u l t s  t o  t h e  f u l l - s c a l e  f l i g h t  env i ronmen t  as shown i n  t h e  
l e f t  f i g u r e .  The need  t o  s t u d y  a c o u s t i c  e f f ec t s  adds f u r t h e r  u n c e r t a i n t i e s .  

Al though f u l l  sca le  t e s t i n g  of t h e  NLF n a c e l l e  c o n c e p t  i n  i ts  i n t e n d e d  
f l i g h t  envi ronment  is t e c h n i c a l l y  f e a s i b l e ,  economic  c o n s i d p r a t i o n s  and  t h e  
des i r e  t o  o b t a i n  fundamen ta l  a c o u s t i c  t r a n s i t i o n  d a t a  i n  a c o n t r o l l e d  n o i s e  
env i ronmen t  prompted t h e  d e c i s i o n  t o  conduc t  a low-speed f l i g h t  tes t .  A j o i n t  
NASA-GE program t o  conduc t  t h e  test w i t h  L a n g l e y ’ s  OV-1B a i r p l a n e  w a s  
i n i t i a t e d .  

Conduc t ing  a low-speed  f l i g h t  t e s t  i n  a c o n t r o l l e d  n o i s e  env i ronmen t  
r e f l e c t s  t h e  d e c i s i o n  t o  o b t a i n  fundamen ta l  a c o u s t i c  t r a n s i t i o n  data f o r  use 
i n  d e v e l o p i n g  p r e d i c t i o n  t e c h n i q u e s ,  b u t  makes t h e  a p p l i c a t i o n  of  t h e  r e s u l t s  
t o  t h e  f u l l  scale  NLF n a c e l l e  a t  c r u i s e  less s t r a i g h t f o r w a r d .  F o r  i n s t a n c e ,  
t h e  f a v o r a b l e  e f f ec t s  of c o m p r e s s i b i l i t y  on  l a m i n a r  f l o w  are  n o t  addressed by 
t h e  t e s t .  

As shown i n  t h e  f i g u r e  on t h e  r i g h t ,  t h e  a l l o w a b l e  f l i g h t  c o n d i t i o n s  
( l i m i t e d  by s t r u c t u r a l  c o n s i d e r a t i o n s )  of t h e  OV-1B with  t h e  l a m i n a r  f l o w  
n a c e l l e  (LFN) p r o v i d e  u n i t  Reynolds  numbers i n  t h e  r a n g e  of t h o s e  f o r  l a r g e  
s u b s o n i c  t r a n s p o r t s .  

OV-1B with LFN 

WIND TUNNEL CONCERNS 

8 REYNOLDS NUflBER 

B TURBULENCE 

8 N O I S E  S l f l U L A T l L I N  

8 I N S T H U R E N T A T I O N  N O I S E  

ALTITUDE‘-FT 

x 
Y m 

3 L 

?.: 

2.0 

1 . c  
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TEST VEHICLE C O N F I G U R A T I O N  

The Grumman OV-1B Mohawk is a n  Army r e c o n n a i s s a n c e  a i r c r a f t  powered by 
two Lycoming T53 t u r b o p r o p  e n g i n e s .  The research a i r c ra f t  mod i f i ed  f o r  NLF 
n a c e l l e  t e s t i n g  is shown i n  t h i s  f i g u r e .  

The f low-through NLF n a c e l l e  is mounted on t h e  e x t e r n a l  s t o r e  pylon below 
t h e  r i g h t  wing. The mounting s t r u c t u r e  a l lows  t h e  n a c e l l e  t o  be l o c k e d  a t  
v a r i o u s  p i t c h  and yaw ang les  r e l a t i v e  t o  t h e  a i r c r a f t .  

A n o i s e  s o u r c e  c o n s i s t i n g  of a J B L  compression d r i v e r  and e x p o n e n t i a l  
horn is l o c a t e d  i n  t h e  n a c e l l e  cen te rbody .  A second n o i s e  s o u r c e  and a video 
camera are l o c a t e d  i n  a pod ou tboa rd  of t h e  n a c e l l e .  

Installation Schematic 
of NLF Nacelle 

and Noise Source 
on OV-lB 

External 
Noise Source 

Internal 
Noise Source 
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O V E R V I E W  OF N A C E L L E  A E R O - A C O U S T I C  D E S I G N  

T h e  o b j e c t i v e  of t h e  a e r o - a c o u s t i c  d e s i g n  was t o  d e t e r m i n e  a n a c e l l e  
s h a p e  and c o r r e s p o n d i n g  p r e s s u r e  d i s t r i b u t i o n  t h a t  would p r o v i d e  enough sound-  
induced  a m p l i f i c a t i o n  of  T-S waves t o  i n f l u e n c e  t r a n s i t i o n  l o c a t i o n .  Due t o  
t h e  l i m i t e d  sound  p r e s s u r e  l e v e l  a v a i l a b l e  from t h e  c o n t r o l l a b l e  n o i s e  
sources, it was i m p o r t a n t  t o  d e s i g n  fo r  a d e q u a t e  a m p l i f i c a t i o n  w h i l e  a v o i d i n g  
d e s i g n s  w i t h  s o  much ampl i f  i c a t i o n  t h a t  f r e e - s t r e a m  t u r b u l e n c e  would cause 
u n c o n t r o l l e d  t r a n s i t i o n .  Toward t h i s  e n d ,  three n a c e l l e s  were d e s i g n e d .  

T h i s  f i g u r e  shows an ove rv iew of the d e s i g n  methodology.  A n  
i n c o m p r e s s i b l e  flow code  was f i r s t  used  t o  compute t h e  p r e s s u r e  d i s t r i b u t i o n s  
on c a n d i d a t e  n a c e l l e  shapes chosen  from a f a m i l y  ,?f s u p e r  e l l ipses .  The 
p r e s s u r e  d i s t r i b u t i o n  w a s  t h e n  e v a l u a t e d  f o r  r e g i o n s  of i n s t a b i l i t y .  To a v o i d  
t h e  expense  of r u n n i n g  boundary- layer  and s t a b i l i t y  c o d e s ,  t h e  i n i t i a l  
s c r e e n i n g  made use of a v a i l a b l e  s t a b i l i t y  characterist ics of Fa lkner -Skan  
f l o w s .  From the  c a l c u l a t e d  p r e s s u r e  d i s t r i b u t i m  a n d  Fa lkner -Skan  pa rame te r  , 
t h e  d i s t r i b u t i o n  of c r i t i c a l  Reynolds  number w a s  de t e rmined .  A compar ison  of 
c r i t i c a l  and a c t u a l  Reynolds  numbers i d e n t i f i e d  shapes t h a t  had a r a n g e  of 
p o t e n t i a l  u n s t a b l e  r e g i o n s .  F i n a l  s e l e c t i o n  w a s  t h e n  based  on boundary l a y e r  
s t a b i l i t y  c a l c u l a t i o n s  and empirical  da ta  a s  d i s c u s s e d  below. 

I O V - l B  LFN DES I GN PROCEDURE I 

B O U N D A R Y  L A Y E R  CODE rlNAL f-----1 
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STABILITY ANALYSIS 

The chordwise amp1 i f  i c a t i o n  spectra were e v a l u a t e d  w i t h  a n  i n c o m p r e s s i b l e  
s t a b i l i t y  code.  Boundary-layer parameters r e q u i r e d  for i n p u t  t o  t h i s  code 
were c a l c u l a t e d  w i t h  t h e  VBGLP code of NASA TM-83207, The l e f t  f i g u r e  shows 
i n s t a b i l i t y  r e g i o n s ,  and t h e  r i g h t  f i g u r e  shows i n t e g r a t e d  a m p l i f i c a t i o n  
s p e c t r a  f o r  three p r e s s u r e  d i s t r i b u t i o n s .  These d i s t r i b u t i o n s  co r re spond  t o  
t h e  three f i n a l  n a c e l l e  shapes denoted GE1 , GE2, and GE3 i n  o r d e r  of m o s t  t o  
l eas t  s t a b l e .  These s h a p e s  were selected by u s i n g  t h e  i n t e g r a t e d  
a m p l i f i c a t i o n  f a c t o r s  t o  e v a l u a t e  c r i t i c a l  Sound Pressure Level ( S P L )  s p e c t r a  
and t h e  i n f l u e n c e  of SPL on t r a n s i t i o n  l o c a t i o n .  

lnst a bility Regions Pressure Distributions 
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ESTIMATE OF C R I T I C A L  S P L  A N D  T R A N S I T I O N  L O C A T I O N  

The c r i t i c a l  SPL is d e f i n e d  as t h e  minimum so?utd p r e s s u r e  r e q u i r e d  t n  
move the  t r a n s i t i o n  l o c a t i o n  upstream. S i n c e  t h e  boundary-layer a m p l i f i c a t i o n  
is f r equency  dependent ,  t h e  c r i t i c a l  SPL w i l l  a l s o  be f r equency  dependent.  
Its e v a l u a t i o n  r e q u i r e s  knowledge of t he  normalized a m u s t i c  r e c e p t i v i t y  of 
t h e  boundary-layer wave which is i n  f a c t  a v o r t i c a l  wave. I t  is d e f i n e d  as 
t h e  r a t i o  of t h e  normalized f l u c t u a t i n g  v e l o c i t y  a s s o c i a t e d  w i t h  sound induced 
v o r t i c i t y  (boundary-layer  wave) t o  t h e  ampl i tude  of t h e  a c o u s t i c  pressure 
f i e l d .  A n a l y t i c a l l y ,  a s  shown by Mungiir a n d  S w i f t  (Re f .  l ) ,  t h i s  is a 
f u n c t i o n  of t h e  mean v e l o c i t y  p r o f i l e ,  t h e  a c o u s t i c  wave number, and t h e  
d i r e c t i o n a l i t y  of t h e  sound wave. It can v a r y  from 0 (no c o u p l i n g )  t o  1 
( f u l l y  coup led ) .  

Another q u a n t i t y  of r e l e v a n c e  is t h e  c r i t i c a l  f l u c t u a t i n g  v e l o c i t y  above 
which t r a n s i t i o n  occur s .  Based on the  measurements of Klpbanoff and Tidstrom 
(Ref .  21, seven  pe rcen t  of t h e  free-stream v e l o c i t y  appea r s  t o  t r i g g e r  t h e  
t r a n s i t i o n .  The f l u c t u a t i n g  boundary layer v e l o c i t y  may now be w r i t t e n  i n  t h e  
form: 
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ESTIMATE OF C R I T I C A L  SPL A N D  TRANSITION LOCATION ( c o n t ' d )  

The p rev ious  e q u a t i o n  allows d e t e r m i n a t i o n  of t h e  c r i t i c a l  SPL spec t rum 
i n  terms of t h e  i n t e g r a t e d  a m p l i f i c a t i o n  (A) and t h e  a c o u s t i c  r e c e p t i v i t y  (N) 
with (u'/Uo) = 0.07. Such a spec t rum is shown i n  t h e  f i g u r e  below f o r  a l l  
three nacelles w i t h  N = 1 .  Th i s  shows t h a t  i f  f u l l  c o u p l i n g  is p o s s i b l e ,  
nacelles GE2 and CE3 s h o u l d  be r e s p o n s i v e  t o  SPL between 90 and 1 1 5  dB, 
whereas nacelle CE1 s h o u l d  be u n c o n d i t i o n a l l y  s t a b l e  f o r  SPL < 130 dB. 

I t  is t h e  o b j e c t i v e  of t h e  t es t  t o  s e a r c h  f o r  s u c h  i n i t i a l  SPL s p e c t r a .  
If t h e  acoustic r e c e p t i v i t y  is less than 1 ,  t hen  h ighe r  SPL w i l l  b e  r e q u i r e d  
t o  move t r a n s i t i o n  upstream. I t  is f o r  t h i s  reason t h a t  t h e  t h i r d  nacelle 
(GE3) was a l s o  f a b r i c a t e d .  N a c e l l e  GEl  was designed t o  shown t h e  f e a s i b i l i t y  
of a c h i e v i n g  f u l l  laminar flow. 

Upstream movement of t h e  t r a n s i t i o n  l o c a t i o n  f o r  S P L  above t h e  i n i t i a l  
SPL may be computed from t h e  same above e q u a t i o n  w i t h  A ( < ,  w ) becoming 
v a r i a b l e .  Some results are shown i n  t h e  f i g u r e  on t h e  n e x t  page. 

Critical SPL Spectrum 

3 

LO 

20 

30 

40 

50 

60 

70 

Frequency, kHz 

903 



PREDICTED T R A N S I T I O N  LOCATION 
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NACELLE STRUCTURE 

The f i b e r g l a s s  and aluminum s t ruc ture  c o n s i s t s  of an a f t  n a c e l l e  and 
t h r e e  i n t e r c h a n g e a b l e  f o r e b o d i e s .  The main n a c e l l e  is designed w i t h  s e v e n  
l o n g i t u d i n a l  s p a r s  and e i g h t  r a d i a l  bulkheads a t tached t o  a main s t r u c t u r a l  
t u b e  (which forms the  i n n e r  f low s u r f a c e  of t he  n a c e l l e )  w i t h  screws and a 
s t r u c t u r a l  damping a d h e s i v e .  The o u t e r  f i b e r g l a s s  s k i n s  were f a s t e n e d  t o  t h e  
s p a r s  and bulkheads w i t h  b u r i e d  r i v e t s .  The cen te rbody  c o n t a i n i n g  t h e  
i n t e r n a l  n o i s e  s o u r c e  is at tached t o  t he  main n a c e l l e  by f o u r  in s t rumen ted  
s t r u t s .  A f a i r i n g  on t h e  i n b o a r d  s i d e  of t h e  n a c e l l e  houses t h e  
i n s t r u m e n t a t i o n  t r a y .  The e x t e r n a l  f low s u r f a c e s  were s p r a y e d  w i t h  an epoxy 
c o a t i n g  and a s i l i c o n e  wax. S u r f a c e  roughness  is less than  1 6  mic ro inches  and 
s u r f a c e  waviness  h e i g h t s  are less t h a n  .008JX where t h e  a l l o w a b l e  
wavelength,  A ,  is less t h a n  f o u r  inches .  A photograph of t h e  three removable 
f o r e b o d i e s  is shown below. 

Removabl S 
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INSTRUMENTATION 

Measurement parameters i n c l u d e  ( 1  ) sound pressure l e v e l s  u s i n g  
f l u c t u a t i n g  pressure t r a n s d u c e r s  on t h e  e x t e r n a l  s u r f a c e ,  i n s i d e  t h e  d u c t  
i n l e t ,  and on t h e  n o i s e  s o u r c e  ho rn ,  ( 2 )  s t a t i c  p r e s s u r e  measurements on t h e  
e x t e r n a l  s u r f a c e  and i n s i d e  t h e  d u c t ,  and (3 )  t o t a l  p r e s s u r e  measurements with 
rakes i n s i d e  t h e  d u c t  and a t  t h e  a f t  end of t h e  a f t e r b o d y .  

Two methods fo r  d e t e r m i n i n g  t r a n s i t i o n  l o c a t i o n  w i l l  be used .  Data from 
t h e  ho t - f i lm  s e n s o r s  w i l l  be r e c o r d e d  on magne t i c  t a p e  f o r  l a t e r  a n a l y s i s  of 
t r a n s i t i o n  l o c a t i o n ,  a n d  a v ideo  camera i n  t h e  o u t b o a r d  pod w i l l  be used t o  
photograph l i q u i d  crystals and s u b l i m a t i n g  chemicals on t h e  n a c e l l e  s u r f a c e .  
These p i c t u r e s  w i l l  be d i s p l a y e d  i n  t h e  c o c k p i t  and r e c o r d e d  on a v i d e o  
cassette r e c o r d e r  f o r  p o s t - f l i g h t  a n a l y s i s .  

The h o t - f i l m  s e n s o r  was developed by N A S A  Langley and D I S A  E l e c t r o n i c s .  
It  c o n s i s t s  of e i g h t  i n d i v i d u a l  s e n s o r s  embedded i n  a p l a s t i c  s t r i p .  A l is t  
of pr imary  measurements i s  shown i n  t h e  t a b l e  on t h e  l e f t ,  and a photograph of 
t h e  i n s t a l l e d  h o t - f i l m  s e n s o r  is shown on the  r i g h t .  

sur 

Measuremen t  
__ 

S t a t i c  
p r e s s u r e s  

Sound 
p r e s s u r e  

1 e v e 1  s 

T o t a l  
p r e s s u r e s  

T r a n s i t i o n  
1 o c a t  i on 

Q u a n t i t y / D e s c r i p t i o n  

1 4 2  on  e x t e r n a l  s u r f a c e  
( 4  r o w s )  a n d  1 2  i n s i d e  
d u c t  

9 on  e x t e r n a l  s u r f a c e ,  
4 i n s i d e  d u c t  and 2 o n  
c e n t e r b o d y  

2 4  i n s i d e  d u c t  and 14 
i n  b o u n d a r y  l a y e r  r a k e s  

L i q u i d  c r y s t a l s  and  
s u b l i m a t i n g  c h e m i c a l s  
f o r  f l o w  v i s u a l i z a t i o n  
and  h o t - f i l m  anemomete rs  
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ORIGINAL PAGE 1s 
OF POOR QUALITX 

NACELLE INSTALLATION EFFECTS 

The aerodynamic d e s i g n  of t h e  n a c e l l e s  w a s  based  on ax i symmet r i c  flow. 
I n  o r d e r  t o  o b t a i n  t he  d e s i g n  p r e s s u r e  d i s t r i b u t i o n s  i n  t h e  p re sence  of t h e  
wing/pylon f low f i e l d ,  t h e  n a c e l l e s  are mounted t o  t h e  pylon by a mechanism 
that ,  a l l ows  t h e i r  p i t c h  and yaw p o s i t i o n s  t3 be changed. 

The VSAERO panel-method code from AMI I n c .  w a s  u sed  t o  o b t a i n  a n  i n i t i a l  
estimate of the  c o r r e c t  o r i e n t a t i o n .  These f i g u r e s  show t h e  panel model and 
computed s t r e a m l i n e  paths  f o r  two n a c e l l e  o r i e n t a t i o n s .  The a n a l y s i s  shows 
t h a t  t en  deg rees  downward p i t c h  combined w i t h  f o u r  degrees  nose - in  yaw is me  
o r i e n t a t i o n  t h a t  r e s u l t s  i n  n e a r l y  ax ia l  flow o v e r  t h e  in s t rumen ted  ( o u t b o a r d )  
n a c e l l e  s u r f  ace.  

Computational Panel Model 

Calculated Results, 0" Pitch 

---._ 

Calculated Results, Pitch Down 10' 

----__ .- .--.... .--. 
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NACELLE AERODYNAMIC PERFORMANCE 
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MEASURED TRANSITION LOCATION U S I N G  SUBLIMATING CHEMICALS 

The boundary-layer t r a n s i t i o n  l o c a t i o n  was measured on n a c e l l e  s h a p e  GE2 
u s i n g  t h e  s u b 1  imat ing  chemical flow v i s u a l i z a t i o n  t e c h n i q u e .  T h i s  t echnique  
involves  c o a t i n g  t h e  s u r f a c e  with a t h i n  f i l m  of v o l a t i l e  chemical s o l i d ,  
which, d u r i n g  exposure  t o  free-stream a i r f l o w ,  r a p i d l y  s u b l i m a t e s  i n  t h e  
t u r b u l e n t  boundary layer as a r e s u l t  of high shear stress and h igh  mass 
t r a n s f e r  n e a r  t h e  s u r f a c e .  T r a n s i t i o n  is i n d i c a t e d  because t h e  chemical 
c o a t i n g  remains r e l a t i v e l y  u n a f f e c t e d  i n  t h e  laminar  r e g i o n  due t o  lower shear 
and low mass t r a n s f e r  (Reference 1 ) .  The s low r e s p o n s e  time of t he  chemical 
i n  a laminar  boundary layer al lowed f o r  two tes t  c o n d i t i o n s  d u r i n g  t h e  same 
f l i g h t .  The a i rc raf t  was f i rs t  f lown a t  t h e  d e s i r e d  a i r s p e e d  and a l t i t u d e  
w i t h  t h e  n o i s e  s o u r c e  o f f .  Once a p a t t e r n  had developed,  the  n o i s e  s o u r c e  was 
t u r n e d  on t o  t h e  des i r ed  s e t t i n g  and a new chemical p a t t e r n  was s o u g h t .  I n  
t h i s  f a s h i o n  a d i rec t  comparison of t h e  effect  of t h e  n o i s e  could be 
de t ermi ned . 

The photograph shows a ch mica1 p a t t e r n  f o r  t e s t  c o n d i t i o n s  of V = 163 
k n o t s ,  h = 1300 f t ,  R = 1 . 8 ~ 1 0  
occured a t  50% of the n a c e l l e  l e n g t h  a l o n g  the  forebody t o  a f t e r b o d y  j o i n t ,  
which had a s i g n i f i c a n t l y  h i g h  a f t - f a c i n g  s t e p  t o  c a u s e  t h e  premature 
t r a n s i t i o n .  Turbulent  wedges caused by d i r t  p a r t i c l e s  are e v i d e n t  on the  
forebody.  The same f l i g h t  c o n d i t i o n s  were he ld  af ter  t h e  n o i s e  s o u r c e  was s e t  
t o  1500 Hz and 80 v o l t s  (132 d B ) .  No effect  of t h i s  added  d i s t u r b a n c e  could 
be v i s u a l i z e d  i n  t h e  s u b l i m a t i n g  chemical p a t t e r n .  I n  a d d i t i o n ,  o t h e r  n o i s e  
s o u r c e  s e t t i n g s  showed no effect  on t h e  t r a n s i t i o n  l o c a t i o n .  

% f t  -’, and M = 0.25. The t r a n s i t i o n  l o c a t i o n  
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M E A S U R E D  P R E S S U R E  D I  ST R I  B UT I ON 

The s u r f a c e  pressure d i s t r i b u t i o n  was measured under t h e  same f l i g h t  
c o n d i t i o n s  as t h o s e  fl3wn f o r  t h e  f low v i s u a l i z a t i o n  tests (V = 163 k n o t s ,  h = 
1300 f t ,  R = 1 . 8 ~ 1 0  There are 4 r a d i a l  rows of p r e s s u r e  
p o r t s  of which 2 have 60 pressure p o r t s  each (50°  and 1 5 0 ° ) ,  w h i l e  t h e  
remaining rows have 10 each ( g o o  and 210") .  Ear ly  f l i g h t  tests a t t e m p t e d  t o  
match t h e  measured p r e s s u r e  d i s t r i b u t i m s  wi th  t h e  d e s i r e d  p r e s s u r e  
d i s t r i b u t i o n  as determined d u r i n g  t h e  nacelle des ign  process. Although an 
exact match w a s  not made, t h e  p r e s s u r e  g r a d i e n t s  were kept s imi la r ,  f o r s a k i n g  
a uniform flow over t h e  e n t i r e  nacel le  s u r f a c e .  

6 f t - ' ,  and M = 0.25) .  

The measured d i s t r i b u t i m  is shown i n  t h e  diagram a l o n g  w i t h  t h e  des ign  
p r e s s u r e  d i s t r i b u t i o n .  The p r e s s u r e s  remain f a v o r a b l e  up t o  50% l e n g t h  
l o c a t i o n  over t h e  e n t i r e  s u r f a c e .  The pressure d i s t r i b u t i o n  f o r  t h e  50" row 
has a steeper g r a d i e n t  probably caused by t h e  p r o x i m i t y  t o  t h e  wing. Wi th in  
t h e  r e g i o n  of pr imary in te res t  (90°  t o  150" r a d i a l l y )  t h e  measured p r e s s u r e  
d i s t r i b u t i o n  a g r e e s  f a i r l y  well w i th  t h e  des ign  d i s t r i b u t i o n .  I t  w a s  dec ided  
t h a t  t h i s  d i s t r i b u t i o n  would p rov ide  t h e  b e s t  r e sponse  t o  a n y  acoustic 
d i s t u r b a n c e  t h a t  might a l t e r  t h e  l oca t ion  of boundary-layer  t r a n s i t i o n .  

- . 4 r  

Pressure 
coefficient 

C P  

8,.& -Design C P  

I I I 1 1 i I I 1 I 
0 .2 .4 .6 .8 I .o 1.0 L 

Length location I x / l  
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COMPUTATIONAL PANEL GEOMETRY FOR OV-1 A I R C R A F T  WITH NLF NACELLE 

Pressure d i s t r i b u t i o n s  f o r  t h e  NLF nacelle shape CE2 were c a l c u l a t e d  f o r  
t he  same f l i g h t  c o n d i t i o n s .  The p r e d i c t i o n s  were made u s i n g  a low-order 
s u r f a c e - p a n e l  method (Refe rence  2) .  The method is based  on p i ecewise  c o n s t a n t  
doub le t  and s o u r c e  s i n g u l a r i t i e s ,  and can take i n t o  account  t h e  e f f e c t s  of 
c o m p r e s s i b i l i t y .  Using t h i s  t h ree -d imens iona l  s u r f a c e - p a n e l  code, t h e  
n a c e l l e ,  i n s t rumen t  pod, s u p p o r t  py lons ,  and wing were modeled as shown i n  the  
diagram. The wake from the  c o n f i g u r a t i o n  w a s  a l s o  modeled u s i n g  t h e  panel  
code ,  b u t  is o m i t t e d  i n  t he  diagram f o r  t h e  sake of c l a r i t y .  The wing w a s  
modeled by us ing  8 p a n e l s  i n  t h e  chordwise d i r e c t i o n  (upper and lower  s u r f a c e  
combined) and 8 p a n e l s  i n  t h e  spanwise  d i r e c t i o n .  The pylons were modeled by 
1 2  l e n g t h w i s e  ( l e f t  and r i g h t  s u r f a c e )  and 5 v e r t i c a l  pane l s .  As many con tour  
d e t a i l s  as p x s i b l e  were r e t a i n e d  i n  t h e  model of t h e  n a c e l l e ,  i n c l u d i n g  the  
flow-through f e a t u r e  of t h e  nacelle. More pane l s  were used  on t h e  n a c e l l e  
s u r f a c e  than  on t h e  wing t o  o b t a i n  de t a i l ed  aerodynamic p r e s s u r e s  and 
boundary-layer  f low characterist ics.  The n a c e l l e  was modeled by 22 pane l s  
character is t ics  a l o n g  t h e  l e n g t h  ( i n n e r  and o u t e r  surfaces) and 25 
c i r c u m f e r e n t i a l  pane l s .  The cen te rbody  was modeled by 1 4  pane l s  a l o n g  its 
l e n g t h  and 8 p a n e l s  c i r c w n f e r e n t i a l l y .  

Pylons 
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P R E D I C T E D  PRESSURE DISTRIBUTION 

.8<T 

The predic ted  p r e s s u r e  d i s t r i b u t i o n  is p resen ted  i n  t h i s  f i g u r e  f o r  t h e  
90° and 150° r a d i a l  rows. A comparison is  made t o  t h e  p r e v i o u s l y  p r e s e n t e d  
measured p r e s s u r e  d i s t r i b u t i o n s .  The data  show t ,hat  f o r  t h e  two rows t h e  
agreement between t h e  measured and p r e d i c t e d  pressures is r e a s o n a b l e  i n  terms 
of t h e  p r e s s u r e  g r a d i e n t ;  however, t h e  magnitude d i f f e r s  somewhat. T h i s  
d i f f e r e n c e  is most d r a m a t i c  beyond abou t  35% of t h e  n a c e l l e  l e n g t h .  

-- 150" radial - 
I I I I I 1 I I I 1 

The pane l  code of Refe rence  2 has an a d d i t i o n a l  c a p a b i l i t y  of computing 
t h e  boundary-layer development u s i n g  i n t e g r a l  methods. T h e r e f o r e ,  t h i s  method 
w a s  a l s o  a b l e  t o  p r e d i c t  boundary-layer t r a n s i t i o n  l o c a t i o n  on t h e  n a c e l l e  
s u r f a c e  ( u s i n g  t h e  G r a n v i l l e  t r a n s i t i o n  c r i t e r i o n ) .  T r a n s i t i o n  is p r e d i c t e d  
t o  occur  a t  61% of t h e  n a c e l l e  l e n g t h  f o r  both t h e  90° and 150" r a d i a l  rows. 
S i n c e  t h e  measured t r a n s i t i o n  l o c a t i o n  on s h a p e  G E 2  occu r red  a t  the  forebody 
t o  a f t e r b o d y  j o i n t  (50% of t h e  l e n g t h ) ,  it can be s p e c u l a t e d  t h a t  t h e  
p r e d i c t e d  t r a n s i t i o n  l o c a t i o n  would have ag reed  w e l l  w i t h  t h e  n a t u r a l  
t r a n s i t i o n  l o c a t i o n  f l i g h t .  

Pressure 
coefficient , 

CP 

\ 
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INSTABILITY W A V E  GROWTH RATES U S I N G  THE 
PRE D I  CTED PRESSURE DISTRIBUTIONS 

In o r d e r  t o  u n d e r s t a n d  t h e  t r a n s i t i o n  on  t h e  n a c e l l e  f u r t h e r ,  a l a m i n a r  
boundary - l aye r  s t a b i l i t y  a n a l y s i s  f o r  t h e  90" and 150° p r e s s u r e  rows w a s  
pe r fo rmed .  This  a n a l y s i s  u sed  a method based  on i n c o m p r e s s i b l e  l i n e a r  
s t a b i l i t y  t h e o r y  ( R e f e r e n c e  3 ) .  The method used de t a i l ed  boundary - l aye r  
p r o f i l e s  f o r  s e v e r a l  l e n g t h w i s e  s t a t i o n s  on t h e  n a c e l l e ,  computed by t h e  
boundary - l aye r  program d e s c r i b e d  i n  R e f e r e n c e  4. The  s t a b i l i t y  code  is 
d e s i g n e d  t o  compute t h e  T o l l m i e n - S c h l i c h t i n g  (T-S)  wavp g rowth  r a t e s .  The f tn-  
f a c t o r f f  ( o r  l o g a r i t h m i c  d i s t u r b a n c e  a m p l i t u d e  r a t i o )  s e r v e s  as a measure of  
t h e  g rowth  of T-S waves w i t h i n  t h e  l a m i n a r  boundary  l a y e r .  The d i s t u r b a n c e s  
a n a l y z e d  i n  t h e  boundary - l aye r  s t a b i l i t y  c a l c u l a t i o n s  a r e  p e r i o d i c  p r e s s u r e  
f l u c t u a t i o n s  i n  t h e  l a m i n a r  boundary  l a y e r  caused by r o t a t i o n a l  v o r t i c i t y  
waves moving downstream v e r y  c l o s e  t o  t h e  s u r f a c e .  The effect  of c o u p l i n g  
between these T-S waves ,  and  i r r o t a t i o n a l  a c o u s t i c  waves g e n e r a t e d  by a n  
D u t s i d e  source is n o t  c o n s i d e r e d  i n  t h i s  a n a l y t i c a l  method,  

T h i s  d iagram shows n f a c t o r s  p l o t t e d  f o r  the two presslure rows p r e v i o u s l y  
d e f i n e d  (90"  and 150O) .  A s  shown,  t h e  l a m i n a r  boundary  l a y e r  r e m a i n s  s t a b l e  
or  a t  low growth  r a t e s  ( n < 6 . 0 )  u p  t o  a b o u t  55% of t h e  n a c e l l e  l e n g t h .  F u r t h e r  
c a l c u l a t i o n s  c o u l d  n o t  be comple ted  because  of t h e  p r e d i c t e d  b e g i n n i n g  of 
l a m i n a r  s e p a r a t i o n .  Although n o t  a lways  a d i rect  compar i son ,  t h e  f r e q u e n c i e s  
t h a t  domina te  maximum a m p l i f i c a t i o n  are i n  t h e  r a n g e  of f r e q u e n c i e s  selected 
f o r  t h e  n o i s e  s o u r c e .  

:i 2 

Logarithmic 
amplification 
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n= In(A/AJ 
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Length locat ion, x / l  Length location, x / l  

91 3 

I 



EFFECTS OF ACOUSTIC SOURCES 

James A .  S c h o e n s t e r  
Lang ley  Resea rch  C e n t e r  

Hampton, V i r g i n i a  

Michae l  G .  J o n e s  
PRC Ken t ron ,  I n c .  
Hampton, V i r g i n i a  

91 4 



ACOUSTIC FLIGHT EXPERIMENT ON THE GE L A M I N A R  FLOW NACELLES 

a d d i t i o n  
r ange  of 
a n a l y s i s  
n a c e l l e  
a c o  us t i c 
a c o u s t i c  

t o  c o n t r o l  of t h e  a c o u s t i c  level  and 
m o s  t s ens i t i  ve T o l l  mi en-Schl i c h t  i ng 
u s i n g  t h e  pressure c o e f f i c i e n t  d i s t r  
s performed. Then by a p p l y i n g  these 
l e v e l ,  a s t u d y  of t h e  r e c e p t i v i t y  of 
s i g n a l ,  as determined by t h e  s h o r t e n  

A s  d i s c u s s e d  i n  t h e  p r i o r  s e c t i o n s ,  t h i s  expe r imen t  is be ing  p r i m a r i l y  
conducted t o  de te rmine  t h e  e f f e c t  of a c o u s t i c s  on t h e  l amina r  f low on t h e  s i d e  
of a n a c e l l e .  A f l i g h t  test w a s  de s igned  t o  meet t h i s  goa l  ( s e c t i o n  11) and a 
b r i e f  review of t h e  p u r p x e  is shown i n  t he  f i g u r e .  A n a c e l l e  w i t h  a 
s i g n i f i c a n t  l e n g t h  of l amina r  f low is mounted on t h e  wing of t h e  OV-1. Two 
n o i s e  s o u r c e s  are a l s o  mounted on t h e  wing: One i n  t h e  c e n t e r  body of t he  
n a c e l l e ;  t h e  second  i n  a wing-mounted pod ou tboa rd  of t h e  n a c e l l e .  T h s e  two 
n o i s e   source^ a l low f o r  a l i m i t e d  s t u d y  of t h e  e f fec t  of s o u r c e  d i r e c t i o n  i n  

f requency.  To de te rmine  t h e  
f r e q u e n c i e s  , a s t a b i l  i t y  
bu t ion  along t h e  s i d e  of t h e  
f r e q u e n c i e s  and v a r y i n g  t h e  
t h e  boundary l a y e r  t o  t h e  
ng of t h e  l e n g t h  of l amina r  

f l o w ,  may be conducted. I n i t i a l  tests on GE n a c e l l e  number 2 d i d  not  p r o v i d e  
any i n d i c a t i o n  of s e n s i t i v i t y  t o  a c o u s t i c s ,  p robab ly  because t h e  f l a w  was 
l amina r  p a s t  t h e  a t t achmen t  j o i n t ,  and t r a n s i t i o n  w a s  no t  caused by Tollmien- 
S c h l i c h t i n g  growth but r a the r  t h e  bypass  mechanism of the j o i n t .  It  was f o r  
t h i s  r e a s o n  t h a t  t h e  change t o  GE n a c e l l e  number 3, which w a s  de s igned  t o  have 
less l amina r  f l o w ,  w a s  made. 

GE NACELLE 

1 DIRECTION 

OF FLIGHT 
- 

LAMINAR e C E P  , 
' TURBULENT FLOW 

FLOW 

4 SOURCE 

WING-MOUNTED POD 

NOISE VARIABLES 
LEVEL 
FREQUENCY 
DIRECTION 
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NOISE S O U R C E S  ON T H E  OV-1 A I R C R A F T  

A s  n o t e d ,  two n o i s e  s o u r c e s  were added t o  t h e  OV-1 a i r c ra f t .  One was 
enc losed  i n  an e x t e r n a l  pod outboard  of t h e  n a c e l l e ,  and t h e  second w a s  
mounted i n t e r n a l  t o  t h e  n a c e l l e  i n  the centerbody s e c t i o n .  Both n o i s e  s o u r c e s  
c o n s i s t e d  of J B L  compression d r i v e r s ,  model 2483, w i t h  a t h r o a t  diameter of 2 
i n c h e s ,  They were des igned  t o  o p e r a t e  i n  t he  0.3 t o  6Khz r a n g e  with 120 watts 
of power, The speakers were custom designed t o  f i t  i n t o  t h e  area a v a i l a b l e  
and were n o t  t h e  most e f f i c i e n t  speaker t h a t  could be used w i t h  t h e  d r i v e s .  
The mouths of the horns were covered w i t h  a l o w - r e s i s t a n c e ,  honeycomb- 
s t i f f e n e r  wire mesh s c r e e n  t o  minimize aerodynamic t u r b u l e n c e .  The a d d i t i o n  
of the s c r e e n  was estimated t o  provide less than  1dB of sound p r e s s u r e  
a t t e n u a t i o n  . 

The h o r d d r i v e r  sys tem was c o n t r o l l e d  by a n  a u d i o  oscil lator w i t h  
discrete s t e p  o u t p u t s  and a high power a u d i o  a m p l i f i e r .  The o s c i l l a t o r  
c o n t r o l s  were l o c a t e d  i n  a area accessable from the c o - p i l o t s  seat  and were 
monitored o n l i n e .  Ei ther  one  or both  of t h e  s o u r c e s  could be o p e r a t e d  a t  one 
f requency  per r u n .  



S P E C T R A  ON S U R F A C E  OF N A C E L L E  

Shown i n  t h e  f i g u r e  is t h e  spectra o b t a i n e d  by a surface-moiintad,  
f l u c t u a t i n g - p r e s s u r e  t r a n s d u c e r  i n  f l i g h t  a t  1500 feet .  The pod n o i s e  s o u r c e  
was tuned  t o  1500 Hz. I t  may be s e e n  t h a t  t h e  broadband n o i s e  i n  t h e  r a n g e  of 
z e r o  t o  5 kHz v a r i e s  from about  105 dB t o  90 dB w h i l e  t h e  a p p l i e d  t o n a l  s i g n a l  
a t  1500 Hz is abou t  128 dB, 1 5  dB above the  broadband s i g n a l .  C o n t r o l  of 
t h e s e  s i g n a l s  i n  f l i g h t  v a r i e s  from 0.3 t o  6 kHz w i t h  t he  l e v e l s  ad jus t ab le  up 
t o  130 dB f o r  t h e  pod s o u r c e  and 117 dB f o r  t h e  n a c e l l e  s o u r c e ,  depending on 
t h e  f r equency .  

140 
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dB 

pressure 110 

100 

90 

80 
0 1 2 3 4 5 
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N O I S E  LEVELS ON THE NACELLE SURFACE 

S e v e r a l  f l u c t u a t i n g - p r e s s u r e  measu r ing  t r a n d u c e r s  were mounted on  t h e  
s u r f a c e  of the n a c e l l e  t o  d e t e r m i n e  t h e  n o i s e  f i e l d  f rom t h e  two s o u r c e s .  One 
row of f i v e  t r a n d u c e r s  (shown s c h e m a t i c a l l y )  as I r X f f  on t h e  f i g u r e  were mounted 
a t  9 2 O  f rom the t o p  of  t he  n a c e l l e  a t  chord  s t a t i o n s ,  x/c, e q u a l  t3 0.06, 
0.13, 0.21, 0.33, and 0.45. A pair of t r a n d u c e r s  was a l s o  mounted a 1 5 2 O  a t  
c h o r d  s t a t i o n s  0.06 and  0.13. The f i g u r e s  show t h e  measured d i s t r i b u t i o n s  f o r  
f o r  t h e  n a c e l l e  s o u r c e  and  t h e  pod s o u r c e  a t  t h e  maximum o u t p u t  and 1 ,500  
Hz. The maximum l e v e l  a t  t h e  l e a d i n g  edge  (x/c = 0 . 0 6 )  f o r  t h e  n a c e l l e  source 
a t  1 ,500  Hz w a s  117  a t  9 2 O  and 116 dB a t  1 5 2 O .  The pod s o u r c e  p r o v i d e d  a 
maximum l e v e l  of 124 dB and  122 dB a t  t h e  same loca t ions  under  similar 
c o n d i t i o n s .  These  l e v e l s  cou ld  be reduced i n  selected i n c r e m e n t s  and  as may 
be s e e n  i n  t h e  f i g u r e s  t h e  d i s t r i b u t i o n  a l o n g  t h e  l e n g t h  of the n a c e l l e  is 
c o m p l e t e l y  d i f f e r e n t  f o r  each s o u r c e .  

1500 Iiz 80 v nacelle input 

I 

FLOW 

SPL. dB loor & /” 

~ s p L . d B 1 2 4 ~ ~  

L 

124 t rn 
0 sound pressure level 
x transducer location 

1500 Hz 80 v pod input 

FLOW 

7- 

iPL. dB 

139 

\ 

139 /T 
i 
0 sound pressure level 
x transducer location 
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PRESSURE COEFFICIENT FOR THE GE-3 NLF NACELLE 

f o r  t h e  GE-3 n a c e l l e  ( f rom cP , The p r e d i c t e d  p r e s s u r e  c o e f f i c i e n t ,  
S e c t i o n  11) is shown a g a i n  i n  t h i s  f igure.  T h i s  n a c e l l e  was des igned  t o  a l l o w  
f o r  t h e  To l lmien -Sch l i ch t ing  ( T S )  waves t o  grow t o  t h e  l a r g e s t  v a l u e  of t h e  
three n a c e l l e s .  The r e l a t i v e l y  f l a t  cu rve  p rov ides  a f a v o r a b l e  p r e s s u r e  
g r a d i e n t  up t o  abou t  45% chord.  To de te rmine  a r a n g e  of most s e n s i t i v e  TS 
f r e q u e n c i e s ,  t h i s  cu rve  was i n p u t  t o  a Cebeci code ( r e f e r e n c e  1 )  t o  o b t a i n  
boundary-layer p r o f i l e s  f o r  use i n  t h e  s t a b i l i t y  a n a l y s i s .  

Velocity = 253 ft/sec 

Altitude = 1500 ft 

Chord Station. X/L 
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T O L L M I E N - S C H L I C H T I N G  A M P L I F I C A T I O N  FACTORS 

Using t h e  envelope method of t h e  SALLY ( S t a b i l i t y  Ana lys i s  which is 
L o c a l ,  Linear  and I n c o m p r e s s i b l e )  program ( r e f e r e n c e  2 )  a m p l i f i c a t i o n  f a c t o r s  
f o r  t h e  f l i g h t  tes t  c o n d i t i o n s  shown by t h e  C p  a n a l y s i s  of t h e  p r i o r  f i g u r e  
were c a l c u l a t e d .  These f ac tws  f o r  f o u r  f r e q w n c i e s  1,300 Hz, 1,500 Hz, 1,800 
Hz and 2,000 Hz are shown i n  t h i s  f i g u r e ,  i n d i c a t i n g  t h e  growth r a t e  as a 
f u n c t i o n  of chord l e n g t h .  Maximum values  reach about  n i n e  which would 
i n d i c a t e  t h a t  t h e  l amina r  f low may be v e r y  c lose  t o  t r a n s i t i o n i n g  wi thou t  any 
e x t e r n a l  d i s t r u b a n c e  (en method, r e f e r e n c e  3 ) .  While i t  is recogn ized  t h a t  
f r equency  and ampl i tude  are no t  s u f f i c i e n t  by  themselves  t o  de t e rmine  if an 
a c o u s t i c  s i g n a l  w i l l  c a u s e  a h ighe r  l eve l  TS wave ( i . e .  t h e r e f o r e  c a u s i n g  
t r a n s i t i o n  p r i o r  t o  " n a t u r a l f f  t r a n s i t i o n )  i t  w a s  a n t i c i p a t e d  t h a t  a h igh  
enough l e v e l  would have some e f f e c t .  T h e r e f o r e ,  a f r equency  of 1,500 Hz a t  
t h e  maximum o u t p u t  l e v e l  w a s  selected t o  d e t e r m i n e  i f  "prematureff  t r a n s i t i o n  
would take place i n  f l i g h t .  

Velocity = 253 ft/sec 

Altitude = 1500 f t  0 0  
0 0  

A 0  

8 0  
B o  * o  Amplification + Factor, A 0  * o  

0 1300 Hz 

0 1500 Hz 

A 1800 Hz 

* 20UO Hz 

Chord Station, X/P 
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BENEFITS 
LAMINAR-FLOW CONTROL FOR SUPERSONIC CRUISE 

Detailed, up-to-date systems studies of the application of laminar-flow control 
(LFC) to various supersonic missions/vehicles, both civilian and military, are not 
yet available. However, various first order looks at the benefits are summarized on 
the figure and in references 1-4. The bottom line I s  that laminar-flow control may 
allow development of a viable second generation SST. This follows from a cornhination 
of reduced fuel, structure, and insulation weight permitting operation at higher 
altitudes, thereby lowering sonic boom along with improving performance. The long 
stage lengths associated with the emerging economic importance of the "Pacific Basin" 
are creating a serious and renewed requirement € o r  such a vehicle. 

0 Civi l ian/SST 

R&D goals 
Key to viable second generation SST ALA OSTP National Aeronautical 

I ncreased range/payload 
Cower fue l  weight/ usage 
Lower skin temperature ( reduced Stanton number, recover factor 1 
0 ( 100' F )  reduction for  M - 3, increases material options 
Reduced t h e r m a l h o u n d  insulat ion for cabin ( reduced skin temperature, 
P',,,,), reduced air conditioning load 
Increased altitude/lower sonic boom 

@Lower cost, reduced landinghake-off speeds 

@ A l l  of above p lus reduced 1 .  R.  signature 
Mi l i ta ry  
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HIGH-SPEED TRANSITION PHYSICS 

Before discussing supersonic laminar-€low control, it is reasonable to briefly 
examine the transition physics which must be altered to prolong the laminar boundary- 
layer state. This physics is summarized on the figure and in reference 5. Of 
particular importance is the existence, known for more than 20 years, of a second 
(inviscid) instability mode at higher Mach numbers. Conventional wisdom holds that, 
in the absence of cross flow, compressibility and wall cooling are stabilizing. This 
i s  not so in some speed ranges due to the second mode physics. The dominant fact of 
life in supersonic LFC is the presence and importance of the cross-flow instability 
mode, engendered by the large sweep angles necessitated by wave-drag reduction1 
control. 

Three fundamental ly dif ferent bou ndary-layer i n stabi l i ty modes 

I 
'IT-S ' I  modes 

@ First  mode 
(v iscous) 

Dominant 
up to ME - 4 

0 Damped by 
cooling 

Moderate to 
h igh  ReT 

@Second mode 
( i nvi scid ) 

Dominant 
beyond ME - 4 

Amplified by 
cool i ng 

Relatively h igh  
ReT at h igh  M 

11 171 
Cross-flow mode Concave curva ture  

( Taylor-Gortler 1 mode 

Inf lect ional  I nduced by wall 

longitudinal 
instabi l i ty  or streamline 

3-di mensional 
Characterist ic of concave curva ture  

B. L. s. Low ReT 

@Low R? 

Note: Swept leading edges (attachment 
l ines)  consti tute a separate case 
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TRANS IT I 0 N BE H AV I 0 R 
EXISTING SUPERSONIC CRUISE AIRCRAFT 

Another preparatory phase to the consideration of supersonic LFC is an 
examination of transition occurrence/behavior on contemporary large supersonic 
vehicles. A s  summarized on the figure most of these vehicles were designed more than 
20 years ago, and their surface condition is not consistent with extensive laminar 
flow. The prime difficulty is the occurrence and o€ten dominance of thermal stresses 
and their impact upon obtainable surface smoothness/waviness. Newer technologies, 
such as super plastic €ormed diffusion bonded titanium (SPFDB)  may allow design and 
fabrication of surfaces consistent with supersonic laminar-flow control (refs. 6 and 
7). 

XB-70 

X-15 

SR-71 

9-58 

Concord and 
"Concordski " 

@ M I G  25 Foxbat) 

, 
50 's  and early 60 's  technology 

Surfaces have steps, gaps, joints, waviness 
(for thermal stress relief 1 

Surface irregulari t ies, combined w i th  cross 
flow, induces early transit ion ( w i t h i n  inches 
of leading edge) 

Outlook for  smooth, low waviness skins for  modern supersonic c ru ise  
machines good via molded sandwich skins made of thermoplastics or 
SPFDB t i tan ium 
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ALTERNATIVE CONTROL TECHNIQUES 
LFC FOR SUPERSONIC CRUISE 

Much of the available research literature for supersonic LFC is summarized in 
references 8-11. The prime design driver in supersonic LFC is the prevalence of large 
cross flow. This tends to negate "natural" laminar flow except in very specialized 
circumstances/body areas. Therefore, the laminar-flow control approach of choice for 
supersonic/hypersonic speeds is suction. As will be shown herein, wall cooling has 
only a secondary influence upon cross flow, even at high speeds. Therefore, unless 
some other technique (other than large sweep) can be found to reduce wave drag at 
supersonic/hypersonic conditions, "natural" and hybrid LFC will be extremely difficult 
at high speeds. 

General consideration 
Supersonic flow implies large sweep fo r  wave-drag reduction, t h i s  
results in boundary-layer cross flow and consequent destabilization 
upon imposition of - DP/DX, ... "na tu ra l "  laminar flow restricted 
to body-nose regions on ly  

Suction 
*Usual approach of choice for M > 1 LFC, handles cross flow, (s lo t  

suction thus far 1 

Wall temperature 
Small cross-flow regions only  (also - DP/DX) 

of revolution, CCCP) Tr 
M < 4 ,  f i r s t  mode, cooling (R, 

M > 4 ,  second mode, heating 

+ 34 x lo6 at M - 4 on body 
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MACH NUMBER INFLUENCE UPON LFC/STABILITY PROBLEM 

In general, LFC becomes both easier and harder as speed increases. LFC is 
easier due to somewhat reduced roughness sensitivity caused by outward movement of 
the critical layer and lower wall region Reynolds numbers and harder because in- 
creased suction levels are required due to the same outward movement of the critical 
layer and increased cross flow. The very limited high-speed cross-flow stability 
computations available thus far indicate that increasing Mach number may further 
stabilize the boundary layer for this mode, but this effect is generally overcome by 
the increasing cross flow/sweep at higher M. See reference 12 €or  the high Mach 
number Gortler case. 

Firs t  and second mode "T-S" disturbances (Tollmien-Schlichting) 

@ U p  to M - 4 (1s t  mode) 
Ampl i f icat ion rate decreases 
Wave angle increases 
Absolute roughness sensi t iv i ty decreases 

Beyond M - 4 ( 2 n d  mode) 
High frequency transverse waves most unstable 

'C r i t i ca l  layer moves to outer  par t  of boundary l a y e r / f u r t h e r  

Two-dimensional boundary layers extremely h a r d  to t r i p  

JVith Mach number I 
decrease in roughness sensi t iv i ty 

0 Gort ler  mode 
Inc reas ing  Mach  number  stabi l iz ing 
Suct ion/wal l  cooling less effective ( f o r  stabil ization 1 as M increases 

@Weak dependence upon Mach number  
X-f low mode 
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EFFECT OF SUCTION ON THE SECOND-MODE INSTABILITY 

The second (inviscid) instability mode becomes important in the high supersonic/ 
low hypersonic range, and these higher modes dominate the non-cross-flow/non-Gortler 
boundary-layer transition problem thereafter. 
figure (method of ref. 13) are among the first for the second mode control case and 
indicate that suction is  still highly stabilizing for these disturbances. 

The stability results shown on this 

M = 4.5, ,/Rx = 1500 

3 -ai x 10 
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EFFECT OF PRESSURE GRADIENT ON THE 
SECOND-MODE INSTABILITY 

This figure is a companion to the previous figure and indicates that favorable 
pressure gradient is also stabilizing for second-mode instabilities. Therefore, in 
the absence of significant cross flow, natural laminar flow would still be an LFC- 
option, even at high Mach number. However, pressure gradients in the presence of 
sweep exacerbate the cross-flow problem, which is one of the major reasons that 
natural laminar flow was dropped in the late 1 9 4 0 ' s  with the advent of the jet engine 
and higher speeds/swept wings. 

M = 4.5, & =  1500 

4 

3 

2 

0 

-1 

-2 
1.0 1.2 1.4 1.6 1.8 2.0 2.2 
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EFFECT OF COOLING ON T-S GROWTH RATES I N  A 
TWO-DIMENSIONAL BOUNDARY LAYER 

These c a l c u l a t i o n s ,  c a r r i e d  o u t  u s i n g  t h e  method of  r e f e r e n c e  13, e l u c i d a t e  t h e  

These resu l t s  have been known t o  t h e  s t a b i l i t y  
d r a m a t i c  d i f f e r e n c e  i n  the e f f e c t  of w a l l  c o o l i n g  upon i n s t a b i l i t y  growth rates f o r  
f i r s t -  and second-mode d i s t u r b a n c e s .  
t h e o r y  community €or  many y e a r s  but u s u a l l y  s t i l l  come as a s u r p r i s e  t o  t h e  d e s i g n  
community. See r e f e r e n c e  14 f o r  co r re spond ing  expe r imen t s  and t h e  n e x t  c h a r t  f o r  t h e  
i n f l u e n c e  of c o o l i n g  upon t h e  c ros s - f low mode. 

Moo= 4.5,  2nd mode 

T- S 
growth rate 

x 100 , 3  - ha= 2 ,  1st mode ( #  = 60') , 2  

1st mode ( #  = 60°) 

1.0 .9 . 8  . 7  .6 .5 . 4  

w IT ad 
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GROWTH RATES FOR STATIONARY CROSS-FLOW VORTICES ON A 
60" SWEPT CYLINDER AT M = 3.5 

m 

The d i s t u r b a n c e  growth rates are seen  t o  be on ly  weakly dependent upon w a l l  
c o o l i n g  f o r  t h e  high s u p e r s o n i c  case. Th i s  r e s u l t  is i n  agreement w i t h  p r e v i o u s  
r e s e a r c h  a t  n e a r  t r a n s o n i c  c o n d i t i o n s  ( r e f .  15) and i n d i c a t e s  t h a t ,  even i f  c r y o g e n i c  
f u e l  were u t i l i z e d ,  s u c t i o n  would s t i l l  be r e q u i r e d  f o r  laminar-flow c o n t r o l  on 
h i g h l y  s w e p t  s u p e r s o n i c  c o n f i g u r a t i o n s .  

C ross-f low 
growth rate 

x 100 

1.4 

1.2 

1.0 

.8  

.6 

.4  

. 2  

0 

r r \ / d  = 0.25 

h , d  7 0.02 

1.0 .9 .8  .7 .6 .5 . 4  

w IT  ad 
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MACH NUMBER EFFECT ON CRITICAL ROUGHNESS REYNOLDS NUMBER 

A s  in conventional LFC applications, a smooth, relatively wave-free surface is a 
necessary (but obviously not sufficient) condition for LFC. For the non-cross-flow 
case the "second mode" disturbance growth occurs farther from the wall (compared to 
the low-speed case) and therefore the "smoothness" requirement is far less stringent 
as the figure indicates (from ref. 16) .  Note that the criteria shifts in the expected 
region, above Mach 4 where the second mode growth rates begin to exceed those from the 
first mode. Unfortunately, while definitive information is lacking, what information 
is available indicates that the roughness criteria for the cross-flow mode remains 
quite stringent, generally even more restrictive than for the two-dimensional low- 
speed case. 

100 1 
Sq rt 

of 
critical 

roughness 40 

10 ' I I I I J 

1 2 3 4 5 6 
Mach number 
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APPLICATION OF THE EN METHOD TO SUPERSONIC LFC DESIGN 

As d i s c u s s e d  i n  r e f e r e n c e  17 t h e  eN approach ( s e e  a l s o  r e f .  13) c o n s t i t u t e s  t h e  
c u r r e n t  b e s t  b e t  f o r  LFC d e s i g n  and t r a n s i t i o n  p r e d i c t i o n .  The b a s i c  i d e a  i s  t o  
i n t e g r a t e  t h e  growth rates of  t h e  most u n s t a b l e  wave between i n c e p t i o n  of i n s t a b i l i t y  
and t h e  l o c a t i o n  of t r a n s i t i o n  and t o  r e p r e s e n t  t h e  growth f a c t o r  ( f i n a l  t o  i n i t i a l  
ampl i tude )  as e N  where N is determined from comparison with expe r imen ta l  t r a n s i t i o n  
l o c i .  As noted on t h e  f i g u r e  the  v a r i o u s  comparisons with s u p e r s o n i c  d a t a  i n d i c a t e  
v a l u e s  f o r  N i n  t h e  same range as for t h e  lower speed f lows,  9 t o  11. In  LFC d e s i g n  
t h e  d i s t u r b a n c e  must remain small ( l i n e a r )  f o r  ease of c o n t r o l ,  and t h e r e f o r e  maximum 
N v a l u e s  t h e  o r d e r  of 5 t o  7 are u s u a l l y  employed. 

N value calibrations, M > 1 

Gortler mode ( M  4 3.5, quiet wind tunnel wall  1 

.Cross flow (F-106 wing, F-15 wing, swept cylinder in quiet 

* T - S ,  first mode (cones, quiet wind tunnel and flight up to 

wind tunnel 1 

M - 3 . 5 )  
Second mode (inferred from matching flight transition data 
on cones) 

@Conclusion f rom a l l  of these cases i s  that an N of 9 to 11 usually 

Utilization of eN for LFC necessitates applying sufficient control 

corresponds to transition occurrence 

to keep disturbances linear (N  smal l )  
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TRANSITION ON SHARP CONES 

This plot indicates that the eN approach can be extended into the hypersonic 
regime. The bottom curve is a best fit through available wind tunnel data (not shown) 
and, due to large acoustic disturbances in ground facilities, the bottom-curve 
indic es lower transition Reynolds numbers than the flight data (which are shown). 
The e theory line corresponds to the filled symbols (adiabatic wall case). Most of 
the flight data points above the curve below Mach 4 are for cold wall, and because 
this is first m e "territory", the transition levels are higher (as would he pre- 
dicted by the eT8 theory for the cold w 11 case). At higher Mach number the flight 
data are also cold wall, but now, in 2" mode territory, this is destabiliz€ng, and 
therefore the data are below the adiabatic line shown. 

a b  

8 

lo7 

lo6 

Loca I 
transition 
R ey no1 d s 
number 

- - e l o  theory flight data points % 
- 
- 
- (adiabatic wall ) 

- 

- - - - - I F-15 cone 

- Wind tunnel 
- 

A Quiet tunnel 

data correlation 
I 1 I I 1 I I I 
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LFC SUPERSONIC SUCTION EXPERIMENTAL DATA BASE 

An active supersonic suction LFC research program existed coincident with and 
following the Air Force-Northrop X-21 program for transonic LFC. This work is 
documented in references 8 and 18-21. A summary of the key experimental results are 
shown on the figure. Note that the experiments covered a wide range of flow 
disturbance conditions (two-dimensional, axisymmetric, swept) and even considered the 
problem of laminarization through incident shock waves. The cogent results from these 
works are summarized on the following charts. 

Mostly N o r t h r u p /  Pfenninger*/AEDC Tunnel  A 
Reynolds number 

Model Mach number w i th  laminar  flow 
( u s i n g  suct ion 1 

25.7 x 10' 
Flat plate ( w i t h  and wi thout  reflective 
shock wave, P2/P1 - 1.1) 

0 6O half-angle cone 

2.5 - 3.5 

5 - 5  30 x 10' 

Axisymmetric model, cyl indr ical  after- 
body ( w i t h  and without reflective shock, 
P2/P1 = 1.16) 2.5 - 3.5 5 1  x 10' 

25 x 18  36' swept wing, 3.0% T / C  , biconvex 2.5 - 3.5 

50' swept wing, 2.5% T/C,  biconvex 

72.5' swept wing 

2.5 - 3.5 17 x 10' 

1.99 - 2.25 9 x 10' 

* W. Pfenninger (Analytical Services and Materials, Inc., Hampton, Virginia) was 
instrumental in this work.  
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TOTAL DRAG FOR SUPERSONIC LFC - AXISYMMETRIC FLOW, M = 3 
W 

This  sample r e s u l t  from t h e  Northrop work i n d i c a t e s  t h e  i n c r e a s i n g  and i n c r e a s e d  
importance of t h e  s u c t i o n  d r a g  component. Turning t h e  flow i n t o  and a l o n g  t h e  body i n  
s u p e r s o n i c  f low produces a t r a i n  of shock waves, t h e r e b y  producing a d d i t i o n a l  wave 
d rag .  Also, r e q u i r e d  s u c t i o n  rates are g e n e r a l l y  h i g h e r  i n  t h e  s u p e r s o n i c  case due t o  
c r i t i c a l  l a y e r  movements and i n c r e a s e d  c r o s s  flow. 

cD 

Turbulent 

3 4 5 7 10 15 20 30 40 60 
10'6 R L  
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RESULTS, SUMTlARY OF "LESSONS LEARNED" 
SUPERSONIC SUCTION LFC EXPERIMENTS 

This figure and the following summarize many of the major results from the 
extensive Northrop (Pfenninger) research in supersonic suction LFC. This work was 
conducted in conventional (noisy) ground facilities. In spite of this, in most cases 
laminar flow was obtained using suction up to the maximum performance limits of the 
facility (total pressure, model size) i.e., these studies obtained/proved LFC at huge 
unit Reynolds and in the presence of large stream disturbance levels. In the 
analogous low-speed case LFC was extremely difficult, i €  not impossible, in h i g h  
disturbance tunnels even at reasonable unit Reynolds numbers. It should be noted that 
increasing difficulty in attaining LFC was encountered with increasing sweep/cross 
flow. 

Overal l  drag ( CF + suct ion ) 0 (25% to 60%) of t u rbu len t  level 

0 Required suc t ion  rates increase w i th  sweep and Mach number ,  
Le . ,  suc t ion  drag greater f o r  supersonic LFC ( f o r  2-D case, 
( V W ) / (  U E ) -  .001 vs. .OOO3 fo r  low speed I 

Caused by ( a )  increased cross flow ( increased sweep), and 
( b )  outward movement of c r i t i ca l  layer 

Slot sizes ( f o r  R / f t  up  to order of magnitude greater t han  f l i g h t  
applic. 1 of .004" to .008", approximately l/Z" spacing, .003", .080" 
spacing o n  h i g h l y  swept w ing  

Slot width < 20% of "sucked he igh t "  

@Sucked he igh t  per slot < momentum thickness 

0 For most tests, RX w i t h  laminar  flow was l imi ted by t u n n e l  size/ 
p ressure ,  i .e . ,  absolute l im i t s  fo r  supersonic LFC are considerably 
in excess of demonstrated capabil ity 

0 These excellent resu l ts  obtained in noisy,  h igh-stream disturbance 
convent ional  M > 1 t u n n e l s  (subscmic LFC not even attainable in 
h i g h  disturbance subsonic t u n n e l s )  

For axisymmetric bodies even small incidence (1') can be h igh l y  
destabi l izing due to large induced cross flow 

Spanwise contaminat ion locus on  lower surface of swept w ing  may 
necessitate laminar iza t ion  of wing fuselage junc t i on  
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EFFECT OF TURBULENCE LEVEL ON 
TRANSITION REYNOLDS NUMBER 

This figure indicates the improved performance obtained in the supersonic case 
compared to conventional (lower speed) studies. Possible reasons for this improved 
performance include (a) decreased boundary-layer receptivity/internalization f o r  
acoustic as opposed to vortical disturbances of the same relative intensity, and ( b )  
decreased stream disturbance/roughness coupling due to the reduced roughness 
sensitivity/lower wall Reynolds number. 

ReC 

- 5,  cone Supersonic 

0 Subsonic wind tunnel data 
with optimum suction for 

.02 . 05 .10 .5 1 10 
u/u,, P'/P,% 
N 
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DISTRIBUTION OF HEAT TKANSFEK COEFFICIENT ALONG 
STAGNATION LINE OF A SINGLE SLOTTED FIN 

This figure, taken from reference 22, corresponds to stagnation line heating data 
for a highly swept fin upstream and downstream of a single chordwise slot. 
allows natural stagnation line boundary-layer bleed, which in this case, is suffLcient 
to "relaminarize" an initially turbulent swept attachment line. Such fixes for the 
attachment line contamination problem are well known f o r  low speeds, but this 
experiment at Mach 8 Indicates that the Process also works at high speeds. 

The slot 

5 = 2.62 x10 R 
-3 -,D 

18 ,-x 10 I 

Heat 
t ra n sf er 

coefficient 

16 
14 
12 
10 
8 
6 

4 

I 0 
Swept 

I cylinder rLaminar 

'-Turbulent 

2 t , , 
0 2 4 6 8 1 0 1 2 1 4  

Fho:dwi;e slot 

x /  D 
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APPLICATION ISSUES FOR SUPERSONIC (SUCTION) LFC 

The major issues are as indicated. Supersonic specific problems include 
maintenance of smoothness and waviness conditions in the presence of large thermal 
stresses, suction penalty minimization, and duct volume/sealing management. Passive 
efflux (in liu of suction pumps) may be of particular importance for the supersonic 
case where the bodies approach wave-rider designs. Allowing bleed through the wing 
(bottom to top) would simultaneously (a) provide LFC on the bottom surface, (b) pro- 
vide turbulent Cf reduction on the top surface, and (c) reduce wave drag by reducing 
the strength of the upper surface closure shock, all at nearly minimal system weight 
and duct volume (depending upon detailed structural design). A possible added bene- 
fit would be a reduction of thermal stresses through a tendency t o  make the entire 
wing structure more nearly isothermal. 

Minimization of suction drag penalty required for  reasonable ' I  r e t u r n  on 

Aerodynamic heat transfer induces h i g h  temperatures/thermal stresses 

invest men t I' 

which can severely compromise 
S u r f  ace smooth ness / wavi ness 
Suction duct sealing 

SPFDB honeycomb t i tan ium wi th  electron beam perforations appears to 

Suction duct volume requirements are in opposition to the  thin wing 

constitute a "best bet" surface 

requirement for wave drag reduction 

Suction options include ( a )  active and ( b )  passive (bleed) 
Passive efflux can 

Reduce turbulent  drag 
Reduce wave drag ( increase 6 * 1 
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ALTERNATIVE CONFIGURATION APPROACHES 
- SUPERSONIC CRUISE LFC - 

A b a s i c  d e s i g n  d e c i s i o n  f o r  s u p e r s o n i c  LFC i s  whether t o  r educe  wave d r a g  bu t  
i n c r e a s e  LFC d i f f i c u l t y / c r o s s  f l o w  by i n c r e a s i n g  sweep o r  t o  reduce sweep, i n c r e a s e  
wave d r a g ,  but  s imul t aneous ly  improve t h e  LFC d e s i g n  problem. In f a c t ,  f o r  t h e  n e a r l y  
zero  p r e s s u r e  g r a d i e n t  a t t a c h e d  shock f l a t  wing c a s e ,  t h e  c r o s s  f l o w  may be reduced 
s u f f i c i e n t l y  t o  allow wall c o o l i n g  t o  become a major LFC f a c t o r .  

Blun t  subsonic leading edges 

0 A large 

0 Low wave drag 

0 Large cross flow, makes 
suction LFC dif f icult  

H igh suction rates 
required 
Increased sensitivity to 
roughness inc lud ing 
suction surface geometry 
(part ial ly plugged slots, 
perforations 1 

Sharp supersonic leading edges 

.A moderate 

@ H i g h  wave drag 

Smaller cross flow, makes suction 
LFC I '  easier I '  

Lower suction rates 
Reduced roughness sensitivity 

w V a l l  cooling (for SST speed range) 
an adjunct / a1 ternative control 
technique (c ryo  fuel 1 

942  

I 



SUPERSONIC LFC - BOTTOM LINES 

E s s e n t i a l l y ,  s u p e r s o n i c  LFC is  a t t a i n a b l e .  Cons ide rab le  d e t a i l e d  r e s e a r c h  
remains,  but  t h e r e  are p r e s e n t l y  no known "stoppers" ,  and many b e n e f i t s .  The porous 
s u r f a c e  s u c t i o n  technology must o b v i o u s l y  be worked. A l l  of t h e  p r e v i o u s  r e s e a r c h  
employed s l o t t e d  s u r f a c e s ,  and such r e s e a r c h  shou ld  be c a r r i e d  o u t  i n  low-dis turbance 
f a c i l i t i e s  f o r  maximum " i n t e l l e c t u a l "  r e t u r n  on inves tmen t ,  i.e., improved 
u n d e r s t a n d i n g  of d i s t u r b a n c e  growth p h y s i c s  and c o n t r o l  t h e r e o f .  

0 Aerodynamical ly, supersonic LFC i s  attainable, perforated 
surface physics/ef f ic iency s t i l l  to be determined 

Cr i t ica l  issues for application inc lude 

Min imiza t ion  of suct ion drag penalty to maximize 

Approaches inc lude improved slot pressure 
recovery, passive bleed ra ther  than active 
suct ion,  cross-f low min imizat ion 
Necessitated by increased suct ion requi re-  
ments due to h i g h  sweep/cross flow and 
High M 

Duct volume, heated a i r  handl ing/seal ing 

net  drag reduct ion 
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SUGGESTED RESEARCH TOPICS FOR SUPERSONIC LFC 

Th i s  c h a r t  p rov ides  some s u g g e s t i o n s  f o r  f l u i d  phys ic s  r e s e a r c h  a p p l i c a b l e  t o  
s u p e r s o n i c  LFC. The  p o s s i b i l i t y  t h a t  some of t h e  " u n i t  Reynolds e f f e c t "  observed i n  
f l i g h t  may be due t o  d i s t u r b a n c e s  engendered by atmospheric  p a r t i c l e - s h o c k  i n t e r a c t i o n  
i s  p a r t i c u l a r l y  i n t r i g u i n g  ( s e e  r e f s .  23 and 24) .  Also ,  as noted p r e v i o u s l y ,  t h e  
s u c t i o n  p rocess  creates myriad f low f i e l d  shocks which should tend t o  ampl i fy  t h e  
e x i s t i n g  d i s t u r b a n c e  f i e l d  i n  t h e  boundary layer. In fo rma t ion  on t h i s  p r o c e s s  i s  
r e q u i r e d  f o r  s u c t i o n  s u r f a c e  o p t i m i z a t i o n .  

0 Perforated sur face suct ion w i t h  and w i thou t  c ross  f low, exper iments 
and theory  especially at large sweep angle/cross f low 

0 Disturbance ampl i f icat ion t h r o u g h  shocks 

I mpinging 

Suc t ion  generated 

0 Disturbances induced by atmospheric part ic le/bow-shock in te rac t ions  

0 F u r t h e r  theory /ana lys is  f o r  steps, gaps, waviness, roughness  ( and 
combinat ions)  w i t h  and w i thout  cross f low at h i g h  speed 
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PROPOSED SUPERSONIC LOW-DISTURBANCE TUNNEL 

A schematic diagram o f  the new proposed Supersonic Low-Disturb nce Tunnel a t  NASA 
Langley i s  shown i n  f i g u r e  1. E x i s t i n g  h i g h  pressure a i r  and vacuum systems w i l l  be 
used. The s p e c i f i c a t i o n s  and design o f  two h i g h  q u a l i t y  a i r  f i l t e r s  f o r  the  new 
f a c i l i t y  a re  based on exper iences and data i n  the  p i l o t  tunnel  ( r e f .  1). Aerodynamic 
a n a l y s i s  and eng ineer ing  d e t a i l s  o f  the  8 - f t  d iameter s e t t l i n g  chamber and o t h e r  
tunne l  components a re  g iven i n  reference 2. The tunnel  i s  designed t o  accommodate 
nozz les o f  var ious lengths  w i t h  Mach numbers rang ing  from 2 t o  6. The f i r s t  nozz le t o  
be operated i n  t h e  tunnel  w i l l  be the  Mach 3.5 r a p i d  expansion, two-dimensional nozz le 
i l l u s t r a t e d  i n  the  lower p a r t  o f  f i g u r e  1. The two-stroke model i n j e c t o r  i s  r e q u i r e d  
t o  p lace  the  model i n t o  the  q u i e t  t e s t  core  i n  t h e  upstream p a r t  o f  the  u n i f o r m  f l o w  
t e s t  rhombus. A 1/3-scale vers ion  o f  t h i s  nozz le has been developed and t e s t e d  
e x t e n s i v e l y  i n  t h e  P i l o t  Low-Disturbance Tunnel a t  NASA Langley ( r e f s .  1-4). The 
techniques f o r  o b t a i n i n g  laminar  boundary l a y e r s  on the  nozz le wa l ls ,  which i s  the key 
requi rement  f o r  q u i e t  t e s t  s e c t i o n  f low,  w i l l  be presented i n  t h e  n e x t  severa l  
f i gures. 

- High pressure and 
high temperature air 

M = 3.5 contoured 2-D nozzle 
(exit dim. = 18 in. x 30 in.) 

I Radiated noise I 
Figure  1 
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QUIET TEST CORE I N  M = 3.5 R A P I D  EXPANSION NOZZLE 

The dominant source o f  t e s t - s e c t i o n  d is tu rbances  i n  convent ional  supersonic /  
hypersonic  tunne ls  i s  the  a c o u s t i c  r a d i a t i o n  f rom eddies i n  t h e  t u r b u l e n t  boundary 
l a y e r s  on t h e  nozz le w a l l s .  I n  supersonic f low,  t h i s  no ise i s  i n  t h e  form o f  f i n i t e -  
s t r e n g t h  wavelets  which are  propagated a long Mach l i n e s .  Hence, as i l l u s t r a t e d  i n  
f i g u r e  2, t h e  l o c a t i o n  o f  t r a n s i t i o n  onset  i n  t h e  w a l l  boundary l a y e r s  i s  sensed w i t h  
a h o t - w i r e  probe a t  any p o i n t  a long a Mach l i n e  extended downstream from t h a t  l o c a t i o n  
which i s  then the  "acous t ic  o r i g i n "  f o r  t h e  onset  o f  r a d i a t e d  no ise  i n  t h e  nozz le  f l o w  
f i e l d .  As the u n i t  Reynolds number i s  increased, t r a n s i t i o n  moves upstream a long t h e  
contoured w a l l s  i n  t h i s  nozzle. The q u i e t  t e s t  core  r e g i o n  then becomes s m a l l e r  and 
tends t o  approach some minimum s i z e  o f  streamwise l e n g t h  A X  and h e i g h t  A Y .  When t h e  
nozz le  w a l l s  are very c lean and h i g h l y  po l ished,  t h e  minimum value o f  A X  i s  about  
4.5-inches ( r e f s .  1 and 2 ) .  A t  h i g h  Reynolds numbers, t h e  s idewal l  boundary l a y e r s  
a r e  g e n e r a l l y  t u r b u l e n t .  For  these c o n d i t i o n s ,  r a d i a t i o n  from t h e  s i d e  w a l l s  i s  
min imized by the  l a r g e  w i d t h  o f  the  nozz le (see lower  p a r t  o f  f i g .  2) and t h e  smal l  
l o c a l  Mach numbers (Me < 2.5) a t  t h e  a c o u s t i c  o r i g i n  l o c a t i o n s .  The l a r g e  w i d t h  o f  
the  q u i e t  t e s t  core, AZ,  
o f  a t t a c k .  

Q) 

a l lows the  t e s t i n g  o f  swept wings and models a t  l a r g e  ang le  

1 

\ \ 

.Radiated Noise 

A X  5 to 10 16 to 33 

A Y 1.5 to 3.0 5 to 10 

I'. A Z  7.5 23.0 - I I I Quiet I = 
- A Z - t  - I I , Test Core I , I 

F i g u r e  2 
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T R A N S I T I O N  REYNOLDS NUMBERS ON SHARP CONES 

2 -  

8-  
lo7 

 re^ 
4- 

Local Reynolds numbers a t  t r a n s i t i o n  onset, ReT, determined from recovery 
temperatures measured on a sharp t i p  5" ha l f -angle cone i n  the p i l o t  tunnel are 
p l o t t e d  against  l o c a l  u n i t  Reynolds number, Re, i n  f i gu re  3 (see r e f s .  3 and 4 ) .  For 
values o f  Re/in < 8 x 10 , these data are i n  the range of atmospheric f l i g h t  data 
which are much h igher  than conventional wind-tunnel data due t o  the high-stream noise 
1 evel  s i n these 1 a t t e r  tunnel s (sources o f  these f l  i ght and convent ional  w i  nd-tunnel 
data are given i n  r e f .  3). The cone used i n  the q u i e t  tunnel t e s t s  was 15-inches long, 
and f o r  these lower values o f  Re/in, t r a n s i t i o n  usua l ly  occurred on the cone we l l  
downstream o f  the acoust ic  o r i g i n  boundary o f  the q u i e t  t e s t  core. Analysis and 
c o r r e l a t i o n  o f  these r e s u l t s  ( re f s .  3 and 5) i n d i c a t e  t h a t  t h e  cone boundary l a y e r  i s  
much more sens i t i ve  t o  wind-tunnel noise i n  the v i  i n i t y  o f  the neut ra l  s t a b i l i t y  

decrease more o r  l ess  r a p i d l y  towards the 1 evel s f o r  previous convent ional  w i  nd-tunnel 
data depending on the nozzle w a l l  f i n i s h .  The e f f e c t  o f  surface f i n i s h  on wa l l  
t r a n s i t i o n  and q u i e t  t e s t  core s izes i n  the p i l o t  nozzle and the corresponding 
q u a n t i t a t i v e  requirements on the wal l  f i n i s h  w i l l  be considered next. 

p o i n t  than f u r t h e r  downstream. For Re/in > 8 x 10 6 , the t r a n s i t i o n  Reynolds numbers 

3- 

I 

6; - 

- 

2- 

Q 
a = Oo - 1 1 uiet tunnel data, M,= 3.5 

Nozzle Max k, 1 --.\ 1 1 1 
U Before 100 --. 1- 

surface polish p inch  
~ 

A 

I I I I I l l 1  1 I I 1  I l l l l  J 

2 4 6 8 6  2 10 105 
Re/in 

Figure 3 
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EFFECT OF TRANSITION ON QUIET TEST CORE LENGTH 

F i g u r e  4 shows how t h e  a x i a l  d is tance f rom the  t h r o a t  t o  t r a n s i t i o n  on t h e  n o z z l e  
w a l l ,  XT,  i s  r e l a t e d  t o  the l e n g t h  o f  t h e  q u i e t  t e s t  core, A X .  
parameters and corresponding f ree-st ream Rey o l d s  numbers based on A X  are  g iven i n  
t h e  t a b l e  f o r  l a r g e  values o f  R / i n  > 9 x 10 and f o r  d i f f e r e n t  sur face  f i n i s h  
c o n d i t i o n s .  The o r i g i n a l  block: were made of 17-4 PH s t a i n l e s s  s t e e l  w i t h  a nominal 
sur face  f i n i s h  o f  4 t o  6 rms u- inches. 
f i n i s h  was improved t o  about 1 rms p- inch  and t h e  values o f  
"min i  mum'' Val ues observed f o r  t h i  s very good sur face  f i n i  sh w i t h  the  corresponding 
much l a r g e r  values o f  As p a r t  o f  an a t tempt  t o  improve t h i s  f i n i s h  a new s e t  
o f  b l o c k s  was machined fPom 15-5 PH vacuum r e m e l t  s t a i n l e s s  s t e e l .  The b e f o r e - p o l i s h  
data on these b locks  i n d i c a t e s  t h a t  A X  was very s a l l  o r  zero. A f t e r  p r e l i m i n a r y  
p o l i s h  work, the  va lue o f  A X  f o r  R / i n  = 10 x 10 was increased by a f a c t o r  o f  about 

5 7 t imes. 
core.  
e f f e c t s  o f  known roughness magnitudes and c h a r a c t e r i s t i c s  on nozz le-wal l  t r a n s i t i o n .  

Values o f  these 

2 
A f t e r  more p o l i s h  work was completed t h e  

A X  then approached t h e  

RoD A x  . 
J 

However, a t  R / i n  = 12.50Dx 10 t h e r e  was s t i l l  no usable q u i e t  t e s t  
To understand themreasons f o r  these poor r e s u l t s ,  we w i l l  cons ider  n e x t  t h e  

Mach 3.5 two-dimensional pilot nozzle 

_ _ _ _  Mach l ines  

Quiet AX,  Rm, A X  Roc/ in. xT' 1 x I inches  1 i nches  1 x 1 
15.0 Pol ish 

10.4 2.7 4.6 4.8 After 
15.5 2.6 4.5 

Or ig i  na I blocks 

New blocks 
After 2.9 4.9 4.6 

12.5 0.4 

Figure  4 
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EFFECT OF SURFACE DAMAGE ON TRANSITION ASYMMETRY 

I The s u r f a c e  f i n i s h  o f  t h e  new Mach 3.5 two-dimensional  n o z z l e  b locks  has been 
mon i to red  throughout  t h e  p o l i s h  work w i t h  scanning m ic ro -v ideo - reco rd ing  equipment 
developed by D r .  L.  M. Weinste in  a t  NASA Langley. The e f f e c t s  o f  any observed su r -  
f ace  d e f e c t s  on nozz le -wa l l  boundary- layer  t r a n s i t i o n  can then  be determined f rom 
h o t - w i r e  surveys o f  f ree-st ream dis turbances.  
a f t e r  t h e  p r e l i m i n a r y  p o l i s h  work ( f i g .  4 )  a r e  shown i n  f i g u r e  5. 
were made i n  t h e  v e r t i c a l  cen te rp lane  o f  t h e  nozz le a long  t h e  c e n t e r l i n e  ( Y  = 0) and 
1 /2 - inch  above t h e  c e n t e r l i n e  ( Y  = 1 /2- inch)  as i l l u s t r a t e d  i n  t h e  upper p a r t  o f  t h e  
f i g u r e .  I n  t h e  l ower  p a r t  _of-the f i g u r e ,  va lues of t h e  rms p ressu re  normal ized by 
t h e  mean s t a t i c  pressure,  
p l o t t e d  a g a i n s t  t h e  a x i a l  d i s t a n c e  from t h e  t h r o a t  f o r  t h r e e  u n i t  Reynolds numbers. 
The c r i t e r i o n  used t o  l o c a t e  t r a n s i t i o n  i s  where t h e  no ise  l e v e l s  r i s e  above low  
" l am ina r "  values t o  F/P = 0 .1  pe rcen t .  I n  t h e  upper p a r t  o f  t h e  f i g u r e ,  t h e  asym- 
m e t r i c a l  l o c a t i o n s  o f  t r a n s i t i o n  on t h e  t o  (No. 1) and bot tom (No. 2 )  b l o c k s  a r e  

would have been de tec ted  a t  Y = 1 /2- inch f o r  symmetr ical  l o c a t i o n s  on t h e  two 
b locks .  The t h r e e  arrows i n  t h e  l ower  p a r t  o f  t h e  f i g u r e  i n d i c a t e  where t r a n s i t i o n  
would be f o r  t h e  surveys a t  Y = 1 /2 - i nch  if XT was t h e  same on b o t h  b locks  f o r  t h e  
t h r e e  u n i t  Reynolds numbers. A t  t h e  h i g h e s t  u n i t  Reynolds number o f  9.6 x lO5 / in ,  
t r a n s i t i o n  asymmetry i s  more pronounced and (XT)Y=O = 6.2- inches which corresponds 
t o  XT = 1 .1- inch on t h e  w a l l  o f  b l o c k  No. 2. 
upstream o f  i t s  l o c a t i o n  a t  t h e  s l i g h t l y  s m a l l e r  va lue o f  R,/in = 9.3 x 105 i n  
f i g u r e  4 where XT = 2.9-inches. T h i s  r a p i d  forward movement o f  t r a n s i t i o n  w i t h  
i n c r e a s i n g  u n i t  Reynolds number and t h e  c o n s i s t e n t l y  l a r g e r  va lues of  XT on b l o c k  
No. 1 than b l o c k  No. 2, as w e l l  as t h e  complete l o s s  of  l a m i n a r  f l o w  a t  
RJin = 12.5 x 105 ( f i g .  4 )  a r e  caused by d i f f e r e n t  su r face  d e f e c t s  on t h e  two 
b l o c k s  as shown i n  t h e  n e x t  two f i g u r e s .  

Resu l t s  o f  such surveys ob ta ined  
These surveys 

P/P, ( t h e  "no ise l e v e l " )  f r o m  t h e  h o t - w i r e  da ta  a r e  

shown f o r  t h e  surveys a t  RJin = 3.7 x 10 E . The arrow i n d i c a t e s  where t r a n s i t i o n  

Th is  l o c a t i o n  o f  t r a n s i t i o n  i s  w e l l  

. 

NEW M A C H  3.5 2-D PILOT NOZZLE 
R,/ in. 
~11)-5 

0 6 3  

Y Block X1 
A 3.1 

d 9.6 
Plain symbols : Y = 0 
Solid symbols : Y = I/ 2 in. 

0.5 
- 0.4 P 

--% 0.3 P 
0.2 

0.1 
0 

4 5 6 7 8 9 10 11 12 13 14 15 16 
Distance from throat, X in. 

F igu re  5 
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BLOCK NO. 1 

s four micropho~o 
the diamond polis 

z 
o f  these pits are 

probably caused by micro-inclusions (a i r  bubbles) i n  the metal. The larger pits  i n  
the photographs are .002 t o  .004-inch long w i t h  depths up t o  abou t  120 p -  inches 
measured w i t h  a micro-deflection transducer attached t o  the scanning video 
microscope. A large amount of d a t a  obtained w i t h  a commercial profilometer on these 
blocks indicates t h a t  some of the smaller pits are only 20 t o  30 microinches deep and 
t h a t  the number and size of the pits decreases as the t h r o a t  region i s  approached. 

Figure 6 
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D OL I wvs 

However, they  are  c l o s e  t o  t h e  t h r o a t  and are  a l i g n e d  across t h e  f l o w  d i r e c t i o n .  
laminar  boundary- layer  th icknesses f o r  R 
= .1 and .3- inch were on ly  .002 and .003-?nch, r e s p e c t i v e l y ) .  
r e s u l t s  and t h e  t r a n s i t i o n  asymmetry shown on f i g u r e  5 where XT was c o n s i s t e n t l y  
s m a l l e r  on b lock  No. 2 than b lock  No. 1, t h a t  sc ra tches  o f  t h i s  type and depth are  
more dangerous than p i t s  ( f i g .  6 )  t o  the  r e q u i r e d  maintenance o f  l aminar  boundary 
l a y e r s  on these nozz le  wa l ls .  

(The 
= 10 x 105/ inch a t  these two l o c a t i o n s  o f  X 

We conclude f rom these 
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ALLOWABLE SURFACE ROUGHNESS 

A rev iew o f  p r o f i l o m e t e r  roughness measurements on both t h e  o r i g i n a l  and new Mach 
3.5 two-dimensional contoured nozz le b locks  i s  presented i n  f i g u r e  8. The maximum 
peak- to -va l ley  roughness defects ,  k, ob ta ined f rom p r o f i l o m e t e r  measurements on these 
b l o c k s  b e f o r e  and a f t e r  p o l i s h  work a re  p l o t t e d  a g a i n s t  the  a x i a l  d i s t a n c e  f rom the  
t h r o a t .  Typ ica l  data a t  d i f f e r e n t  d is tances  f rom the  s idewal l  a re  shown. These data 
may be compared w i t h  the  c a l c u l a t e d  v a r i a t i o n s  o f  k ob ta ined f rom numerical  s o l u t i o n s  
f o r  t h e  l o c a l  laminar  boundary- layer p r o f i l e s  u s i n g  the  computer code o f  re fe rence 6 
f o r  t h e  two values o f  R shown and f o r  t h e  two values o f  roughness " h e i g h t "  Reynolds 
numbers o f  Rk = 42 and 17. Th is  type o f  roughness Reynolds number, d e f i n e d  as the  
l o c a l  Reynolds number eva lua ted  a t  the  d i s t a n c e  f rom t h e  sur face o f  y = k, has been 
used h i s t o r i c a l l y  t o  c h a r a c t e r i z e  the  e f f e c t s  of  bo th  i s o l a t e d  and d i s t r i b u t e d  
roughness p a r t i c l e s  on t r a n s i t i o n .  
c r i t i c a l  values o f  Rk f o r  t r a n s i t i o n  on f l a t  p l a t e s  and cones v a r i e d  f rom about  260 t o  
625 f o r  the  Mach number range f rom 1.6 t o  3.7. 
b l o c k s  a r e  apparent ly  much smal ler ,  presumably due t o  t h e  d i f f e r e n t  type  o f  roughness 
and the  d i f f e r e n t  f l o w  c o n d i t i o n s  such as pressure grad ien ts  and i n s t a b i l i t y  
mechani sms. Nevertheless,  i t  may be concluded f rom d e t a i  1 ed f l o w  and roughness data 
i n  re fe rences  1-4 and t h e  r e s u l t s  i n  f i g u r e s  4-7 here in,  t h a t  Rk = 10 i s  r e q u i r e d  t o  
m a i n t a i n  laminar  boundary l a y e r s  on the  contoured w a l l s  i n  t h i s  type o f  nozz le.  For  
t h i s  a p p l i c a t i o n ,  k i s  de f ined as t h e  maximum peak- to -va l ley  p r o f i l o m e t e r  measurement 
o f  l o c a l  sur face  defects .  However, a l l  scratches o f  t h e  type shown i n  f i g u r e  7 must 
be removed d u r i n g  t h e  f i n a l  p o l i s h i n g  work. 

Early examples are g iven i n  re fe rence 7 where 

The c r i t i c a l  values o f  Rk on these 

Mach 3.5 2 -D  rapid-expansion pi lot nozzle 
Exit dim. : 6.15 in. x 10.03 in. 

250 

k* 200 
p-in. 

150 

100 

50 

0 

400 

350 

300 

- 
- 
- 

0 

Laminar boundary-layer 
calculations, To = 75O, 
Tw = Taw 

Max measured 
peak- to-val ley k 

- 

0 Before pol ish Original  
0 After pol ish 1 blocks 
El Before pol ish 
0 After pol ish 

-1.0 -0.5 0 0.5 1.0 1.5 
X, axial distance f rom throat, in. 
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GORTLER VORTICES I N  M=3.5 TWO-DIMENSIONAL NOZZLE 

I n  o r d e r  t o  apply  t r a n s i t i o n  r e s u l t s  f rom t h e  p resen t  nozz les t o  t h e  des ign o f  
d i f f e r e n t  nozz les a t  o t h e r  f low c o n d i t i o n s  o r  t o  more general supersonic  c o n f i g u r a -  
t i o n s ,  i t  i s  e s s e n t i a l  t o  understand t h e  t r a n s i t i o n  mechanisms i n v o l v e d  and t o  develop 
t h e o r e t i c a l  models t h a t  can be used f o r  p r e d i c t i v e  purposes. An e a r l y  s t a r t  t o  
understanding t h e  mechanisms was r e p o r t e d  i n  r e f e r e n c e  8, b u t  s a t i s f a c t o r y  models 
depended on t h e  successfu l  a p p l i c a t i o n  of l i n e a r  s t a b i l i t y  t heo ry  by D r .  M a l i k  t o  the  
c o r r e c t  l o c a l  f l o w  c o n d i t i o n s  ( r e f s .  4, 9 and 10). The p r i n c i p a l  r e s u l t s  o f  t h i s  work 
were t o  show t h a t  t r a n s i t i o n  i n  these nozz les f o r  Ivlach numbers f rom 3 t o  5 was 
g e n e r a l l y  caused by t h e  G a r t l e r  i n s t a b i l i t y  mechanism i n  t h e  concave c u r v a t u r e  r e g i o n s  
o f  t h e  nozz les r a t h e r  than To1 l m i e n - S c h l i c h t i n g  waves, p rov ided  t h a t  t h e  nozz le  w a l l s  
were mainta ined c l e a n  and po l i shed ,  and boundary- layer removal s l o t s  a t  t h e  n o z z l e  
en t rance  were used. A b r i e f  rev iew o f  some o f  t h a t  work w i l l  now be presented w i t h  
a p p l i c a t i o n s  t o  t h e  design of advanced nozz les t h a t  promise much l o n g e r  q u i e t  t e s t  
r e g i o n s  than achieved t o  date. 

F i g u r e  9 shows f l o w  v e c t o r s  c a l c u l a t e d  by t h e  s t a b i l i t y  t heo ry  f o r  G o r t l e r  
v o r t i c e s  ( t h e  mean f l o w  d i r e c t i o n  i s  i n t o  t h e  page) i n  t h e  Mach 3.5 two-dimensional 
p i l o t  nozz le a t  R =5.1 x 105/ in,  where t h e  exper imenta l  l o c a t i o n  o f  t r a n s i t i o n  on 
t h e  w a l l  was a t  X,,,:T = 3.6-inches f rom the  t h r o a t .  The l a m i n a r  boundary- layer  
th i ckness  a t  t h i s  p o i n t  was 0.019-inch and maximum a m p l i f i c a t i o n  was c a l c u l a t e d  when 
t h e  r a t i o  o f  G o r t l e r  wavelength t o  boundary- layer  th ickness,  ~ / 6 ,  was taken as 0.82 as 
shown on t he  r i g h t  s i d e  o f  t h e  f i g u r e .  
o f  t h e  l o c a l  a m p l i f i c a t i o n  r a t e s  f rom the w a l l  i n f l e c t i o n  p o i n t  t o  t r a n s i t i o n .  

These c o n d i t i o n s  gave N = 9.6 as t h e  i n t e g r a l  

R, = 5.1 X 105/in., Xw, = 3.6in.  

Max Amplification 
/ - -A= 0.015 in.+ I-------A = 0.060 in .  -4 

N = 5 . 8  13b 
. . . . .  

. . . . . . . . . . . .  : ' I  

. . . . . . . . . . . . . .  

l l  
i .  
1 ,  
1 .  
i 

i YbT 

1.56 
N = 9.6 

1 - - ~ - -  = 0.019 i n .  

F i g u r e  9 
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EFFECT OF GORTLER VORTEX WAVELENGTH ON 
AMPLIFICATION TO TRANSITION 

F i g u r e  10 shows t h a t  the  N- fac tors  f o r  maximum a m p l i f i c a t i o n  t o  t r a n s i t i o n  o f  t h e  
G o r t l e r  v o r t i c e s  i n  t h i s  nozz le v a r i e d  f rom about 9 t o  11 over  t h e  e n t i r e  range o f  
t e s t  Reynolds numbers and measured t r a n s i t i o n  l o c a t i o n s ,  $ T. 
l o c a t i o n s  were observed o n l y  when the  nozz le w a l l s  were c l e h  and p o l i s h e d  and w i t h  
t h e  b leed va lve  open ( r e f .  4 ) .  The c a l c u l a t e d  maximum a m p l i f i c a t i o n  always occur red  
w i t h i n  the  narrow wavelength range of .75 < A / &  < .95. S i m i l a r  r e s u l t s  were o b t a i n e d  
i n  two rap id-expansion axisymmetr ic nozz les f o r  t e s t  s e c t i o n  Mach numbers o f  3 and 5 
( r e f .  10). 

These t r a n s i t i o n  

l2 r 
M = 3.5 2-D NOZZLE 

N 

R,/i n 
x 10-5- 

2.5 
F-- 5.1 
L-- 8.1 

'% 10.2 

O l  1 1 1  1 1 I I I  1 
. 4  .6 .8 1 2 4 6 8 1 0  20 

At6 

xw, T 
in. 
6.2 
3.6 
3.0 
2.6 
2.4 

- 

Figure  10 
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MACH 3.5 AXISYMMETRIC-LONG NOZZLE 

A f t e r  i t  was e s t a b l i s h e d  t h a t  G o r t l e r  v o r t i c e s  were the dominant cause o f  
t r a n s i t i o n  i n  these s l o t t e d  nozzles,  techniques f o r  mod i fy ing  t h e  onset and 
a m p l i f i c a t i o n  o f  the v o r t i c e s  were developed ( r e f .  4, 9, and 10). The most p r a c t i c a l  
technique was t o  i n s e r t  a s e c t i o n  o f  r a d i a l  f l o w  i n  the  expansion r e g i o n  o f  t h e  
nozzle.  This  technique i s  used t o  minimize the  concave w a l l  c u r v a t u r e  by moving t h e  
i n f l e c t i o n  p o i n t  f a r  downstream which delays t h e  onset  o f  t h e  G o r t l e r  i n s t a b i l i t y  and 
reduces the  v o r t e x  growth r a t e s  because of smal le r  streamwise increases i n  boundary- 
l a y e r  th icknesses.  

F i g u r e  11 i l l u s t r a t e s  the  a p p l i c a t i o n  of t h i s  technique t o  t h e  aerodynamic design 
o f  a new Mach 3.5 axisymmetr ic nozz le which i s  now be ing  f a b r i c a t e d .  The value o f  t h e  
N- fac tor  used t o  p r e d i c t  the  l o c a t i o n  o f  t r a n s i t i o n  ( X w  
the  l a r g e s t  va lue o f  R / i n  = 15.5 x lo5, the  value o f  I! f o r  a m p l i f i c a t i o n  o f  
T o l l m i e n - S c h l i c h t i n g  (T?) waves was o n l y  2.3. 
determined by the  c r i t e r i a  o f  Rk 7 10 can be obtained, a n d  i f  t h e  ext remely small  
to le rances  on w a l l  r a d i u s  and waviness based on our t e s t  r e s u l t s  o f  a Mach 3 r a p i d -  
expansion axisymmetr ic nozz le ( r e f .  10) can be achieved, t h i s  new nozz le should 
p r o v i d e  the  l a r g e  values of 

was taken as N = 9.2. A t  

Therefore,  i f  the  sur face  f i n i s h  

shown. R.W,AX 

THROAT TO EXIT LENGTH = 29.91 in., EXIT DIA. = 6.86 in., THROAT DIA. = 2.62 in. 

-5 0 5 10 15 20 25 30 35 
X, distance from throat, in. xc, T 

Transi t ion predicted for Gortler N = 9.2, To = 530°R 

AX= R-,AX T z N  
/- 

P O  R d i n .  Xw.T Xc,T 
psia X10d6 inches inches  Xc, T -xo, in. x10+ 
-- -- 

100 1.03 23.57 34.89 17.09 17.6 
150 1.55 21.21 32.40 14.60 22.6 2.3 

F i g u r e  11 
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COMPARISON OF TRANSITION REYNOLDS NUMBERS WITH R A X  
Experimental values o f  R A X  f o r  th ree  nozzles are compared w i t h  f l i g h t  data f o r  

t r a n s i t i o n  Reynolds numbers, RT, on cones i n  f i g u r e  12. 
rapid-expansion nozz le ( re f .  10) was fab r i ca ted  by e lec t ro fo rm ing  n i c k e l  onto a 
s t a i n l e s s  s tee l  mandrel. The f i n a l  sur face f i n i s h  o f  the mandrel was examined w i t h  an 
i n t e r f e r e n c e  microscope. 
h a l f  the  wavelength o f  the  green mercury l i g h t  used. The maximum peak- to-va l ley 
defects  as determined from the f r i n g e  dev ia t ions  on micro- in ter ferograms a t  6 random 
l o c a t i o n s  on the  mandrel was approximately 15 u-inches. The e lec t ro fo rmed n i c k e l  
sur face of the nozzle dup l i ca ted  t h a t  o f  the mandrel and r e s u l t e d  i n  the h i g h e s t  
q u a l i t y  f i n i s h  on any o f  the  6 nozzles tes ted  t o  date. The measured values o f  

were a l s o  h igher  t h  n f o r  the o the r  nozzl  s .  A t  the h ighes t  t e s t  u n i t  Reynolds 
num6er o f  R = 1.6 x 10 / i n ,  R A X  = 10.1 x 10 f o r  t h e  Mach 3 nozzle. The c a l c u l a t e d  
va lue o f  the-N-factor a t  the corresponding measured l o c a t i o n  o f  t r a n s i t i o n  was N = 5.9 
( r e f .  10).  

R A X  f o r  both the o r i g i n a l  and new Mach 3.5 two-dimensional, r a p i d  expansion (R.E.) 
b locks  are a l s o  shown i n  f i g u r e  12. 
40 p- inches, r e s u l t e d  i n  the h ighes t  l e v e l s  o f  R 
However, f o r  R / i n  > 9.3 x l o 5  the ex ten t  of laminar  f l o i  decreased r a p i d l y  due t o  
the  i n f l u e n c e  o? damage scratches such as those shown i n  f i g u r e  7. 
values o f  R f o r  the new axisymmetr ic- long Mach 3.5 nozz le are i n  the range of  
f l i g h t  data $or RT. 
t r a n s i t i o n  on slender t e s t  models would be exposed t o  the extremely low " laminar"  
no i  se 1 eve1 s bel  ow .05 percent. 

The Mach 3 axisymmetric 

The space between each f r i n g e  was 10.75 micro-inches, o r  

RA 8 E 
The e f f e c t s  o f  d i f f e r e n t  sur face f i n i s h e s ,  as shown i n  f i g u r e  8, on 

Note t h a t  t he  new b locks w i t h  maximum k = 
f o r  R / i n  < 6 x 105/inch. 

A X  

The p red ic ted  

This  i nd i ca tes  t h a t  most of t he  laminar  boundary l a y e r  preceding 

3 
2 

107 
8 
6 

RAx 4 

R T  2 

Flight data for  RT on cones 
M 1.4 to 4.6 

Gor ' t ier  
N 

5.9 
9.1 

- lo: 4 6 L 
lo5 2 4 6 8106 2 

R/ i n. 

Rm data i n  pilot nozzles 
Mach Type Max k, 

N 0. p-inch - -  
0 3 Axis, R.E. -20 

0 3.5 2-D, R.E. 40 blocks 

blocks 

8 3.5 2-D, R.E. 

I7 3.5 2-0, R.E. 40 
El 3.5 2-D, R.E. 

+- 3.5 Axis, Long 
(Theory for  Gort ler N = 9.2) 

F igure 12 
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ALLOWABLE SURFACE ROUGHNESS 

As a guide f o r  the surface f i n i s h  s p e c i f i c a t i o n s  on the new Mach 3.5 

Again, values o f  Rk = 42 and 12 were used as shown i n  f i g u r e  13. 

axisymmetr ic- long nozzle, values o f  k have been computed fo r  the  same t e s t  cond i t i ons  
used f o r  the sur face f i n i s h  assessment o f  the Mach 3.5 two-dimensional nozzle ( f i g .  

a t  the h ighes t  u n i t  Reynolds number t h i s  f i g u r e  i nd i ca tes  t h a t  the maximum For a R'f lowable = l2 and 
8 ) .  

peak- to-va l ley roughnesses f o r  t h i s  nozzle are increased somewhat t o  about 50 
p- inches as compared t o  40 p-inches on the two-dimensional nozzle. However, t he  

reg ion  where k < 150 p-inches i s  requi red,  extends over a t o t a l  a x i a l  d is tance of 
about 5.4-inches compared t o  a corresponding d is tance of  on ly  1.7-inches on the  two- 
dimensional nozzle. 

4130 

35 0 

300 

250 

k, 200 

150 
p-in. 

100 

50 

0 

Mach 3.5 axisymmetric- long pilot nozzle 
Exit dia: 6.86" 

- Laminar boundary-layer Rk= 42 
calculations, T -- 80°F, T =Taw 

0 W 

15.1 point at X =  9.2in. 
I I I I I I I I I I I 1 

-2.0 -1.2 -.4 0 . 4  1.2 2.0 2.8 
XI ax ia l  distance from throat, in. 

F i g u r e  13 
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MACH 6 LOW-DISTURBANCE PILOT NOZZLE 

A new Mach 6 long-axisymmetric nozz le has been designed us ing  the  same r a d i a l  
f l ow  techniques and N- factor  c r i t e r i a  as f o r  the  new Mach 3.5 axisymmetr ic nozz le 
( f i g .  11). The engineer ing design for  t h i s  nozzle, which w i l l  be tes ted  i n  an e x i s t i n g  
f a c i l i t y  a t  NASA Langley, i s  now completed. 
t e  t core i s  shown i n  t h  upper p a r t  o f  f i g u r e  14. The h igh value o f  R = 13.2 x 
10 a t  R / i n  = 5.1 x 10 was p red ic ted  us ing  N = 9 f o r  t r a n s i t i o n  due t$'?fie G o r t l e r  
i n s t a b i l i T y .  
i n s t a b i l i t y  was 3.6. I n  s p i t e  o f  the h igher  l o c a l  Mach numbers, the  f i r s t  TS mode was 
s t i l l  dominant over the second mode i n  t h i s  c a l c u l a t i o n .  I n  the  lower p a r t  o f  f i g u r e  
14, the p ro jec ted  performance o f  the  new Mach 6 nozzle, i n  terms of RAX, i s  compared 
w i t h  Mach 6 t r a n s i t i o n  onset data on cones i n  atmospheric f l i g h t  and i n  convent ional  
wind tunnels.  The wind-tunnel data are from references 11 and 12 f o r  5" and 10" semi- 
apex angle, sharp t i p  cones a t  M = 6. (The data from reference 12 were ad jus ted  t o  
represent  t r a n s i t i o n  onset.) Themf l igh t  data are f rom f i g u r e  4 i n  re ference 13 f o r  
cones a t  Me = 6. The corresponding cross-hatched reg ion  i n  f i g u r e  14 i s  based p a r t l y  
on i n t e r p o l a t i o n s  along the  c o r r e l a t i o n  curves presented i n  re ference 13. 
i n  f i g u r e  14 below are experimental values o f  
fac to rs  f o r  a Mach 5 axisymmetric, rapid-expansion nozz le tes ted  a t  NASA Langley 
( re fs .  8 and 10). Again, these comparisons i n d i c a t e  t h a t  the new Mach 6 nozz le should 
p rov ide  s u f f i c i e n t l y  h igh  values of 
t r a n s i t i o n  Reynol ds numbers. 

The contour  o u t l i n e  and p red ic ted  q u i e t  

8 f 
A t  t h i s  t r a n s i t i o n  p o i n t  the  value o f  N f o r  the f i r s t  mode TS 

A1 so shown 
R A X  and corresponding values o f  N- 

RAX t o  s imulate f l i g h t  no ise  l e v e l s  and 

[Transition: 
Gortler N = 9 

TS N =  3.6, T w =  Taw 
---Mach lines - -  - -  

c - -  e - -- --L -- 
-5 0 5 10 ;s --2ij 1- 

6 X, in. [Quiet test core 
Length Roo A x  = 13.2 x 10 

RAx 

RT 

and 

2 

4 

l! 2 

Mach 6 

10 6 6  
2 4 68105 2 4 68106 2 

Win. 

Figure 14 
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ALLOWABLE SURFACE ROUGHNESS 

The values f o r  l o c a l  roughness Reynolds numbers of Rk = 42 and 12 have again been 
used t o  c a l c u l a t e  a l lowable peak- to-va l ley roughnesses fo r  the  new Mach 6 
axisymmetr ic- long p i l o t  nozzle. 
Reynolds numbers corresponding t o  s tagnat ion pressures of 150 and 300 ps ia  a t  the 
s tagnat ion temperature of 820"R. 
k < 30 u- inches are requ i red  i n  the t h r o a t  reg ion.  
achieved based on our experiences w i t h  the Mach 3 axisymmetric nozz le ( f i g .  12). 

The r e s u l t s  are shown i n  f i g u r e  15 f o r  two u n i t  

Thus, f o r  Rk = 12 and R / i n  = 5.1 x lo5, values o f  
This h r f a c e  f i n i s h  can be 

Mach 6 Axisyrnmetric-Long Pilot Nozzle 
Exit dia. = 7,49 in. 
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CONCLUSIONS 

1. Large w i d t h  two-dimensional r a p i d  expansion nozz les guarantee wide q u i e t  t e s t  
cores t h a t  are w e l l  s u i t e d  f o r  t e s t i n g  models a t  l a r g e  angle o f  a t t a c k  and f o r  
swept wings. Hence, t h i s  type  o f  nozz le  w i l l  be operated f i r s t  i n  t h e  new 
proposed l a r g e  sca le  Supersonic Low-Di s turbance Tunnel. 

2. Test  r e s u l t s  i n d i c a t e  t h a t  the  sur face  f i n i s h  o f  p i l o t  nozzles i s  c r i t i c a l .  The 
l o c a l  roughness Reynolds number c r i t e r i a  o f  Rk 
a l l o w a b l e  roughness on new p i l o t  nozz les and the  new proposed t u n n e l .  

= 10 w i l l  be used t o  s p e c i f y  

3. Experimental  data and c a l c u l a t i o n s  f o r  M = 3.0, 3.5, and 5.0 nozz les g i v e  N- 
f a c t o r s  f rom 6 t o  10 f o r  t r a n s i t i o n  caused by G o r t l e r  v o r t i c e s .  

4. The use o f  N = 9.0 f o r  the  G o r t l e r  i n s t a b i l i t y  p r e d i c t s  q u i e t  t e s t  cores i n  t h e  
new M = 3.5 and M = 6.0 ax isymmetr ic- long p i l o t  nozz les t h a t  a r e  3 t o  4 t imes 
l o n g e r  than observed i n  t h e  t e s t  nozz les t o  date.  
r e g i o n  o f  r a d i a l  f l o w  which moves the i n f l e c t i o n  p o i n t  f a r  downstream and delays 
the  onset  and a m p l i f i c a t i o n  o f  the  G B r t l e r  v o r t i c e s .  

The new nozz les u t i l i z e  a 
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INTRODUCTION 

The design of supersonic vehicles with laminar-€low control and vehicles such as 
the Space Shuttle requires information on allowable transition tolerances to 
fabrication defects such as discrete surface roughness and waviness. The existing 
data base for the effect of waviness on transition consists primarily of the World War 
I1 data of Fage,l the studies of Carmichael* €or  the K-21 program, and the lone 
supersonic work of Howard and Czarnecki? in the early 6 0 ' s .  
base on the effects of discrete roughness on transition exists for subsonic and 
supersonic speeds. The existing supersonic wind-tunnel transition data are 
"contaminated" by wind-tunnel noise emanating from the turbulent boundary layers on 
the nozzle walls. The present paper will compare roughness and waviness transition 
data obtained in a "quiet'' Mach 3 . 5  supersonic wind tunnel (Langley Research Center's 
Supersonic Low-Disturbance Pilot Tunnel ) with those obtained in conventional "noisy" 
flows. See figure 1. 

A relatively large data 

4 

0 WAVINESS AND ROUGHNESS C R I T E R I A  REQUIRED FOR I > 1 LFC 

- EN APPROACH ONLY VAL I D FOR NEGL I G I B L E  ROUGHNESS/WAV I NESS 

- WHAT I S  D E F I N I T I O N  OF NEGLIGIBLE?  

I ONLY ONE WAVINESS M > 1 STUDY AVAILABLE AND I S  I N  A 'NOISY' GROUND F A C I L I T Y  

0 A L L  ROUGHNESS (M > 1, GROUND F A C I L I T Y )  STUDIES I N  NOISY F A C I L I T I E S  

a PRESENT PAPER: 

- CONDUCTED WITH AND WITHOUT F A C I L I T Y  NOISE 

- COVERS RELATIVELY WIDE RANGE OF WAVE PARAMETERS 

- INCLUDES I N I T I A L  STUDIES OF ROUGHNESS VS- WAVE EFFECTS 

Figure 1 
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WAVY WALL CONE MODELS 

The models used i n  t h i s  s t u d y  were a l l  5" hal f -angle  s h a r p  cones with s u r f a c e  
f i n i s h e s  b e t t e r  t h a n  5 u-in. rms and t i p  d i a m e t e r s  less t h a n  0.002 inches .  A smooth 
w a l l  cone instrumented with thermocouples a long  two r a y s ,  180" a p a r t ,  was used fo r  
comparison w i t h  t h e  wavy wal l  cone d a t a  and f o r  t h e  t es t s  with d i s c r e t e  roughness.  
The s u r f a c e  p r o f i l e s  of t h e  8 wavy w a l l  cones are shown wi th  exagera ted  v e r t i c a l  
scales. The wavelengths were chosen t o  f a l l  i n t o  t h e  range of t h e  most a m p l i f i e d  
Tol lmein-Schl ich t ing  waves for  f low over  s h a r p  t i p  smooth cones a t  t h e  p r e s e n t  t u n n e l  
o p e r a t i n g  c o n d i t i o n s .  For a l l  wavy cones,  t h e  waves s tar t  2-inches from t h e  t i p  of 
t h e  model and extend t o  t h e  rear of t h e  15-inch long cones ( f i g u r e  2 ) .  

1 -005 0.5 .010 exaggerated by a factor of 10 
2 .010 0.5 .020 
3 .005 1.0 .005 - - c- - 
4 .010 1.0 mol0 
5 .020 1.0 -020 
6 .010 2.0 .005 

Figure  2 
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CONE PRESSURE AND PRESSURE GRADIENT DISTRIBUTIONS 

F i g u r e  3 shows t h e  s u r f a c e  p r o f i l e s  of t h e  8 wavy w a l l  cones a long  w i t h  t h e  non- 
d imens iona l i zed  p r e s s u r e s  and t h e  pressure g r a d i e n t s  c a l c u l a t e d  from s u p e r s o n i c  s m a l l  
d i s t u r b a n c e  theo ry .  Each of t h e  s c a l e s  shown a p p l i e s  t o  t h e  p l o t s  f o r  each of t h e  
e i g h t  cones. The minimiums and maximums i n  pressure a r e  f u n c t i o n s  of H/L; t h e  
maximums and minimums in p r e s s u r e  g r a d i e n t  are p r o p o r t i o n a l  t o  H/L . Cone 2 i s  seen  
t o  have t h e  most s e v e r e  p r e s s u r e  g r a d i e n t s  and cone 6 the m i l d e s t  g r a d i e n t s .  While 
t h e r e  i s  a s t e p  i n c r e a s e  i n  p r e s s u r e  a t  t h e  s t a r t  of t he  waves, t h e  p r e s s u r e  rise f o r  
t h e  worst  c a s e  co r re sponds  t o  t h e  p r e s s u r e  r i s e  of on ly  a 3-degree t u r n .  

2 

L 

5 

6 

8 

I I I I I 1 I I I I 1 

0 1 2  3 4 6 7 8 9 1 0 1 1 1 2 1 3 1 4  15 
S ,  INCHES 

Figure  3 
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TRANSITION DETECTION TECHNIQUES 

Transition on the wavy cones was obtained by using a fixed surface pitot tube and 
increasing the tunnel total pressure until transition was detected. Figure 4 shows 
typical variations of the pitot pressure for various pitot positions along the cone 
surface. In all cases the pitot tube was located at the peak of a wave and no effort 
was made to determine the patterns of transition movement between peaks. 
of transition was taken at the value of total pressure where there was a sharp 
increase in pitot pressure. Transition on the smooth cone was determined with 
recovery temperature distributions measured with thermocouples as well as with pitot 
tube data. Transition for the recovery temperature distribution was taken at the 
location of sudden increase in recovery temperature. The recovery temperature and 
pitot tube techniques gave similar transition Reynolds numbers. 

The location 

LOCATION OF SURFACE 
P ITOT TUBE 

S ,  IN. RT 

0 4-25 5.25 x lo6 
A 6.25 5.05 x lo6 
0 8.25 4.98 x lo6 
d 10.25 5.00 x 106 

1 I I I 1 1 I I 1 1 1 I I 1 1 I 
0 2 0  4 0  6 0  60 1 0 0  120 1 4 0  160 

Figure 4 
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TRANSITION REYNOLDS NUMBERS 
WAVY WALL CONES - QUIET FLOW 

F igure  5 shows t h e  t r a n s i t i o n  Reynolds numbers as a f u n c t i o n  of u n i t  Reynolds 
number €or t h e  cones i n  " q u i e t  flow." The o u t l i n e d  a r e a  shows d a t a  o b t a i n e d  on smooth 6 cones  and t h e  s o l i d  l i n e  (RT = 8 x 10 ) i s  used a s  a d a t a  f a i r i n g  for comparison w i t h  
t h e  wavy w a l l  cone d a t a .  The waves on a l l  of t h e  cones cause  a r e d u c t i o n  i n  
t r a n s i t i o n  Reynolds number. I n  g e n e r a l  t h e  d a t a  f o l l o w  t h e  t r e n d  of t h e  smooth cone 
d a t a  but a t  a lower l e v e l .  A t  t h e  h ighe r  u n i t  Reynolds numbers i t  i s  expec ted  t h a t  
wavy w a l l  cone d a t a  would approach t h e  smooth w a l l  d a t a  s i n c e  t h e  smooth w a l l  
t r a n s i t i o n  l o c a t i o n s  are approaching t h e  l o c a t i o n  of t he  s t a r t  of t h e  waves on t h e  
wavy wall cones. 

2 1 o6 
R / I N  

Figure  5 
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T R A N S I T I O N  REYNOLDS NUMBERS 
WAVY WALL CONES - N O I S Y  FLOW 

Figure 6 shows the transition Reynolds numbers for data obtained in a "noisy" 
flow. 
at much lower levels. The wavy wall cone Rata merge with the smooth wall data above 
a unit Reynolds number of 5 x l o5  per inch where a peak in free-stream noise4 causes 
a rapid forward movement in transition location on all of the models. 

The data trends are similar to those of the "quiet" flow data (€igure 5 )  but 

CONE 
0 1  
0 2  
A 3  
h 4  
D 5  
Q 6  
0 7  
0 8  

- -  H L H/L 
*005 - 5  - 0 1  
001 * 5  02 
005 1 005 

*01  1 -01  
9 02 1 02 
- 0 1  2 -005 

04 2 *02 / 

- 
02 2 -01  / 

- -  

RT 

106 
105 106 2 

R 

Figure 6 
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TRANSITION REYNOLDS NUMBERS AS A F U N C T I O N  OF H/L 

To b e t t e r  show t h e  e f f e c t s  of t h e  waves, t h e  t r a n s i t i o n  Reynolds numbers are 
p l o t t e d  as a f u n c t i o n  of H/L f o r  c o n s t a n t  v a l u e s  of u n i t  Reynolds number. Data f o r  
two u n i t  Reynolds numbers i n  " q u i e t "  flow and one i n  "noisy" f low are p l o t t e d  from 
f a i r i n g s  of t h e  d a t a  of € i g u r e s  5 and 6. F i g u r e  7 shows t h a t  t h e  change i n  t r a n s i t i o n  
Reynolds number is p r i m a r i l y  a f u n c t i o n  of H/L. The h e i g h t  of t h e  waves and t h e  
number of waves seem t o  have no obvious e f f e c t  on t h e  p re sen t  t r a n s i t i o n  Reynolds 
number d a t a .  

R T  

L O W  NOISE 

NO FLAGS R / I N  = 5 x lo5 

T A I L S  R / I N  = 2.5 x 10 

1 o6 
0 .oo 5 .o 1 .015 .02 

H/L 

- H, IN. L,  IN. - -- CONE - 
-005  - 5  8 ;  3 001 - 5  
-005 1 

11 4 .01 1 n 5 002 1 
0 6 .01 2 

* 02 2 8 .; -04 2 

H / L  __- 
- 0 1  
.02 
- 005 
- 0 1  
a 0 2  

- 0 1  
- 0 2  

005 

F i g u r e  7 

972 

I 



PERCENTAGE CHANGE IN TRANSITION POSLTION 
AS A FUNCTION OF H/L 

QUIET FLOW 

The "quiet" flow data of figure 7 are plotted in figure 8 in the form of 
transition distances normalized by the smooth cone transition distances, thus 
showing the percentage change in transition location as a function of H/L ratio. 

\ 
\ 

COLE . ~ , J R -  .Ls-'" __ H I 1  __ 
- 0 0 5  - 5  .01 

- 5  .02 
-005 1 .005 

8 . o i  

8 ::: 2 .02 

k 4 .01 1 .01 
5 .02 1 02 

2 - 0 1  
Q 6 001 2 SO05 

NO FLAGS R / , I N  = 5 x 105 
FLAGS R / I N  = l o 6  

- 

3 
,005 I O 1  ,015 ,020 

H/L 

Figure 8 
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PERCENTAGE CHANGE IN TRANSITION POSITION 
AS A FUNCTION OF H / L  

NOISY FLOW 

Figure 9 shows the “noisy” flow data of figure 7 plotted in the form of tran- 
sition distances normalized by the smooth cone transition distances. A comparison 
of figures 8 and 9 indicates that a given H/L causes approximately the same percentage 
change in transition f o r  both quiet and noisy flows. T h i s  result offers hope that 
trends in data obtained in conventional wind tunnels may be usable. 

- ST 
’T,O 

0 

CONE H , . I N .  &IN. 

1 -005  - 5  8 2 .01 .s 
3 .005 1 

h 4 -01  1 
b 5 s o 2  1 

.01 2 
7 .02 2 
8 .04 2 

H / L  
-_I - 01 

-02  
.005 
. 0 1  
02  

e005 
.01 
-02  

,005 I O 1  ,015 I020 
H / L  

Figure 9 
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TRANSITION POSITION ON SMOOTH CONE 

Figure 10 shows the transition position on the smooth cone as a function of unit 
Reynolds number for both quiet and noisy flows. The upper limit to the data is 
the length of the cone, while the lower limit is determined by the maximum unit 
Reynolds number in the quiet flow and the start of the instrumentation on the cone for 
the noisy flow. The regional transition reversal at a unit Reynolds number of about 
5 x lo5  in the noisy flow i s  caused by a peak in radiated noise in the nozzle. 

20 

10 

1 
lo6 2 

R / l N  

Figure 10 
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TRANSITION ON CONE WITH ROUGHNESS PARAMETER DEFINITIONS 

Figure 11 shows a typical effect of discrete three-dimensional roughness 
(spheres) on transition position. A s  the unit Reynolds number is increased, the 
transition position follows the smooth cone value until at some value of Reynolds 
number there is a sudden forward movement of the transition position. This unit 
Reynolds number and height of the roughness determine the critical roughness Reynolds 
number. Further increases in unit Reynolds number will bring transition close to but 
at a discrete distance from the roughness. The value at which further increases in 
unit Reynolds number cause no significant further forward movement in transition 
determines the effective roughness Reynolds number. While vehicle manufacturers are 
more interested in critical values, the data base is much larger for values of 
effective roughness Reynolds number which are mainly of interest t o  the 
experimentalist for use in tripping the boundary layer on models. For the present 
study, critical roughness Reynolds numbers can only be obtained for the range of unit 
Reynolds numbers at which the smooth cone transition data is available while effective 
values can be determined on the entire unit Reynolds number range. 

106 2 

R / I N  

Figure 11 
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EFFECTIVE ROUGHNESS REYNOLDS NUMBER CORRELATION 
VAN DRIEST DATA 

F i g u r e  12 shows t h e  d a t a  and c o r r e l a t i o n  of Van Driest5 €or  e f f e c t i v e  roughness  
Reynolds numbers as a f u n c t i o n  of roughness  p o s i t i o n  Reynolds number on cones.  
s o l i d  symbols r e p r e s e n t  t h e  d a t a  c a l c u l a t e d  u s i n g  t h e  Reynolds number a t  t h e  edge of 
t h e  boundary l a y e r  (\  = kp u /u  ), and t h e  open symbols a r e  t h e  d a t a  c a l c u l a t e d  u s i n g  
t h e  und i s tu rbed  c o n d i t i o n s  i n s f d e  t h e  boundary l a y e r  a t  t h e  h e i g h t  of t h e  roughness  

(rk = kp u /IJ ) . The l i n e  rk = 600 is a widely used va lue  of e f f e c t i v e  roughness  
Reynolds number f o r  s u b s o n i c  t o  low s u p e r s o n i c  speeds.  
Driest's c o r r e l a t i o n  f o r  cones:  

The 

e e 

k k  k The s o l i d  l i n e s  are  Van 

.25 - 1  2 
k Me) R~ = 32.8 (1 + '- 

R k , e f f  2 

and show e x c e l l e n t  agreement w i t h  t h e  d a t a .  
Driest c o r r e l a t i o n  t h e  method of choice.  The p r e s e n t  s t u d y  f a l l s  i n  t h e  range of Mach 
numbers covered by Van Driest, and both sets of d a t a  were ob ta ined  on s h a r p  10' cones.  

The ease of c a l c u l a t i o n  makes t h e  Van 

104 

RKEFF 

103 

%FF 

102 
104 16 106 

Rs K 

F i g u r e  1 2  

107 
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ROUGHNESS REYNOLDS NUMBER CORRELATIONS 
Q U I E T  TUNNEL DATA 

F i g u r e  13 shows t h e  d a t a  of t h e  p r e s e n t  s t u d y  i n  t h e  form of e f f e c t i v e  and c r i t i -  
c a l  roughness Reynolds numbers as a f u n c t i o n  of t h e  roughness p o s i t i o n  Reynolds 
number. The s o l i d  l i n e  i s  t h e  Van Driest c o r r e l a t i o n  f o r  t h e  l o c a l  cone Mach number, 
and t h e  dashed l i n e s  are f a i r i n g s  of t h e  q u i e t  and no i sy  e f f e c t i v e  va lues .  Both q u i e t  
and n o i s y  v a l u e s  are above t h e  Van Driest c o r r e l a t i o n  l i n e ,  but  n e i t h e r  shows 
s i g n i f i c a n t  d i f f e r e n c e s .  The " q u i e t "  flow d a t a  are about 20 p e r c e n t  h i g h e r  t han  t h e  
c o r r e l a t i o n  and 10 pe rcen t  h i g h e r  t han  t h e  n o i s y  f low da ta .  The few d a t a  points €or 
c r i t i c a l  v a l u e s  of roughness Reynolds numbers seem t o  i n d i c a t e  t h e  same p e r c e n t a g e  
d i f f e r e n c e  i n  q u i e t  and n o i s y  f lows  and somewhat less  i n f l u e n c e  of p o s i t i o n  Reynolds 
number on t h e  va lue .  These ve ry  p r e l i m i n a r y  d a t a  i n d i c a t e  t h a t  t h e  e x i s t i n g  d a t a  base 
may be u s a b l e  and c o n s e r v a t i v e .  

103 
I 1 

105 106 107 

F i g u r e  13 
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CONCLUSIONS 

Wavine s s 

E f f e c t  of s i n u s o i d a l  waves on t r a n s i t i o n  is  mainly a f u n c t i o n  of wavelength-to- 
h e i g h t  r a t i o  - H/L. 

The e f f e c t  of waves on t rans i t ion  was much less t h a n  a s i n g l e  t r i p  w i r e  of similar 
h e i g h t .  

No waves were found which d i d  not  a f f e c t  t r a n s i t i o n ;  no lower c r i t i c a l  s i z e  was 
found. 

A g i v e n  wave caused t h e  same pe rcen tage  change i n  t r a n s i t i o n  i n  q u i e t  and n o i s y  
f lows  

E f f e c t  f n o i s e  e f  f 

Discrete Roughness 

t i v e  roughness  Reynolds numbers i s  small (< 20 p e r c e n t ) .  

E f f e c t  of no i se  on c r i t i c a l  roughness  Reynolds numbers a p p e a r s  small based on ve ry  
p r e l i m i n a r y  d a t a .  

E x i s t i n g  d a t a  base may be u s a b l e  and c o n s e r v a t i v e .  
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OUTLINE 

The figure below gives a brief outline of the experimental and theoretical 
investigation of boundary-layer instability mechanisms on a swept leading edge at 
Mach 3.5. 

0 REVIEW OF TRANSITION MECHANISMS ON SWEPT-LEADING EDGES 

0 SWEPT-CIRCULAR CYLINDERS TESTED I N  MACH 3 - 5  PILOT QUIET TUNNEL 

- MEASURED RECOVERY TEMPERATURES 

- OIL FLOW STUDIES 

0 COMPARISON OF THEORY AND EXPERIMENT 

0 REVIEW OF S T A B I L I T Y  THEORY 
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TWO MECHANISMS GENERALLY CAUSE TRANSITION IN THE 
LEADING-EDGE REGION OF SWEPT WINGS 

Spanwise contamination and cross-€low instability are outlined in the €igure 
below. 

1-  SPANWISE CONTAMINATION 

SOLVED I N  THE EARLY '60's BY: 

STRONG LOCAL SUCTION, LEADING-EDGE SUCTION FENCES, X-21 

PROTRUDING FAIRED BUMP ATTACHED TO THE WING LEADING EDGE 
BRIT I SH HANDLEY PAGE 

2 9 CROSS-FLOW INSTAB I L I TY 

FIRST OBSERVED BY GRAY AS REGULARLY SPACED STREAKS I N  SURFACE COATINGS 

STREAKS CAUSED BY CO-ROTATING VORTICES RESULTING FROR THE INFLECTIONAL 
INSTABIL ITY  OF THE CROSSFLOW BOUNDARY-LAYER PROFILES I N  THE UPSTHEAM 
REGIONS OF SWEPT WINGS 
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PHOTOGRAPH OF SWEPT-CYLI~DER MODELS 

The models consisted of .030--inch thick stainless steel cylindrical shells l / 2 -  
and 1-inch outside diameters with both ends sealed and cut-off parallel with the free- 
stream f l o w  direction as illustrated by the photograph. Chromel-alumel thermocouple 
wires of .OlO-inch diameter were spot welded to the inside surface of the shells at 
l//-r-inch intervals along the entire length of the attachment lines. The surfaces of 
the models were maintained clean and polished with a finish of less than 10 r m s  micro- 
inches 
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ONE-INCH DIAMETER SWEPT CYLINDERS IN MACH 3.5 
PILOT LOW-DISTURBANCE TUNNEL 

The models are shown mounted i n  t h e  nozz le  a t  upstream and downstream p o s i t i o n s  
w i t h  r e s p e c t  t o  t h e  q u i e t  test  core. I n  t h e  upstream " q u i e t "  t e s t  p o s i t i o n  and w i t h  
t h e  b l eed  valve open, t h e  forward t i p s  of t h e  models were l o c a t e d  5.8-inches 
downstream from t h e  nozz le  t h r o a t  ( s e e  r e f .  1). 
and 70 p e r c e n t  of t h e  a t t achmen t  l i n e  s p a n s  on the A = 45" and 60" models,  
r e s p e c t i v e l y ,  were exposed t o  t h e  ex t r eme ly  low n o i s e  l e v e l s .  As u n i t  Reynolds number 
i s  i n c r e a s e d ,  t r a n s i t i o n  moves upstream on t h e  n o z z l e  walls and t h u s  t h e  co r re spond ing  
l o c a t i o n  of i n c r e a s i n g  n o i s e  measured a l o n g  t h e  c e n t e r l i n e  a l s o  moves upstream. T h i s  
r e s u l t s  i n  a g r e a t e r  pe rcen tage  of t h e  a t t achmen t  l i n e  span  be ing  exposed t o  h i g h  
n o i s e  levels.  Tn t h e  downstream "noisy" tes t  p o s i t i o n  and wi th  t h e  bleed v a l v e  
c l o s e d ,  t h e  e n t i r e  model w a s  exposed t o  n o i s e  l e v e l s  r ang ing  from .2 t o  .5 p e r c e n t .  

5 For R, = 3 x 10 about  85 p e r c e n t  

N lozzle contol 
Quiet test 
( upstrea rn 

(upstream and) (upstream and) 

X, in. 
hOO 

r , 
,' 0 . 

4 
5 
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TRANSITION ON THE ATTACHMENT LINE 

Recovery f a c t o r s  o b t a i n e d  a t  bo th  low and h igh  no i se  c o n d i t i o n s  f o r  A = 60" are  
summarized h e r e  where r is p l o t t e d  a g a i n s t  R f o r  s e l e c t e d  v a l u e s  of s from s e v e r a l  
r u n s  (Ref. 1). The t r i p  h e i g h t  is k=.004 i nch  and the  t r i p  was l o c a t e d  a t  s=6 i n c h e s  
f o r  t h e s e  da t a .  The r e s u l t s  f o r  no t r i p  ( c i r c l e  symbols and s = 5 i n . )  and a l s o  
upstream of t h e  t r i p  ( s q u a r e  symbols and s = 5 in.) show t r a n s i t i o n  a t  R = 7.5 x 
lo5  f o r  bo th  low and h i g h  n o i s e  ( f l a g g e d  symbols). 
i n  agreement w i t h  P o l l ' s  c r i t e r i a  (Ref. 2) .  However, downstream of t h e  t r i p  ( s  = 
10 i n . )  t r a n s i t i o n  o c c u r s  a t  lower v a l u e s  of 
t u n n e l  noise .  C l e a r l y ,  t h e  t u n n e l  n o i s e  appears t o  enhance t h e  e f f e c t  of the t r i p s  
b u t  has  no e f f e c t  when t h e r e  i s  no t r i p .  

-,D 

m,D This t r a n s i t i o n  Reynolds number is 

5 R,,D = 3 o r  4 x 10 depending on t h e  

n P l a i n  Svmi)olS: Low noise 
Flagged symbols: High noise - 

.82 1 I '  I 5 upstrea 
i I  I 0 10 kz.004 

m of trip 
in. 

. "V 

2 lo5 4 lo6 2 

00 .D R 
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TRANSITION ON THE ATTACHMENT L I N E  

Typical effects of tunnel noise and a trip on attachment line transition for the 
Data without a trip and with a trip height (h) A = 45" model are shown in the figure. 

= .002-inches are presented for a Reynolds numbers range of 2 x 10 < R < 1.7 x 
10 . The trip was located at s = 5.5 inches for these data. The high tunnel noise 
enhances the effect of the trip for 5 x 10 
( s  = 5 in.) or with no trip, transition occurred at independent of  
tunnel noise. This value of (Roo D l  is somewhat smaller than Poll's R, criteria 
(Ref. 2)  for no end disturbances in Tow-speed flow and is also somewhat smaller than 
the Bushnell/Huffman supersonic crFteria of 

5 
6 O0 ,D 

5 < R,,D < 6 . 5  x 105. Ilpstream of the trip 
R,,D 2 7 x lo5 - 

> 8 x lo5 (Ref. 3 ) .  

Plain sym'lols: Low noise 
Flagged symhol s: High noise 

2 
2 4 lo6 

R - , D  
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EFFECTS OF TRIP HEIGHT AND NOISE ON ATTACHMENT-LINE TKANSITION 

To facilitate comparisons with Poll's data for trip wires in low-speed flow (Ref. 
2), the local reference temperature parameters and k/q* are plotted for all the 
present transition-onset data for the h = 45" and 60" models and D = 1-inch. The 
trend of 
of "critical' Toughness heights. 
values of 
as k/q* is increased. Thus, f o r  A = 45", the critical values are k/q* 1.4 and 
1.6 f o r  high and low noise, respectively. For A = 60", the critical values are 
k/n* c. 0.85 and 0.95 f o r  high and low noise, respectively. These latter values may 
be compared with Poll's critical values for A = 60" of d/q = 0.6 to 0.8. Poll's 
subcritical values of were approximately 600 to 750, depending on the distance 
from the trip. 
sweep angles and the critical k/q* values for 
Poll's values f o r  A = 60°. 

(R ) with (k/q*)T are similar to those of Poll with respect to the effects 
These critical roughness heights correspond to the 

k/q* where the transition Reynolds numbers are first reduced significantly 

< T It i s  apparent that the present subcritical values of (<,)T f o r  both 
A = 60" agree reasonably well with 

600 

(R*IT 
400 

200 

0 

Trip 
I ocat i on 

A I s, s, 
Noise deg in. in. 

- - -- 0 High 45 7 5.5 

- - - -  
800 -.- la Low 45 7 5.5 

0 Low 60 10 6 
0 High 60 10 6 

- 

t 
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O I L  FLOW PATTERNS WITH T R I P  (K = .004-IN,) AT 
S 6 - I N .  A == 60", D = l - T N . ,  R = 4.6 X 10 5 

",D 
Typical photographs of oil flow patterns on the A = 60° model are shown in this 

figure. Also shown is a small trip (identified in the picture, of height h = .004- 
inch, which results in k/6 = .7) fixed to the attachment line at 6-inches from the 
upstream tip of the model. For this run, the wavelength of the vortices measured from 
the more closely spaced oil-flow streaks, increased from A = .03 to .04-inch as the 
angular distance from the attachment line is increased from 8 = 70" to 90'. 
Normalized by the attachment boundary-layer thickness, these values give A/cSS = 5 to 7 
for this Reynolds number of K = 4.6 x 10 . 5 

",D 
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OIL FLOW P A T T ~ ~ ~ S  D O W N S T ~ E ~ ~  OF TRIP  

This figure shows more of the ~ o ~ § t r ~ a m  par cf t h i s  model f o r  the Same r u n ,  
The wide streaks have been completely obliterated downstream of the trip by ~ ~ r b u l e ~ t  
boundary-layer flow. 
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COMPARISON OF THEORY AND EXPERIMENTS 

The stability of three-dimensional boundary-layer flow on the 60" swept cylinder 
5 was examined for R = 4.6  x 10 . Compressible linear stability equations were 

solved by the method used in reference 4 .  Computed wavelength of the most amplified 
stationary cross-flow disturbances i s  plotted in the figure as a function of the 
azimuthal angle 8 from the attachment line. The figure also contains wavelength 
values measured on the oil flow photographs. Both the magnitude of the wavelength and 
its variation with 8 are well predicted by the theory. 

,D 

X I I N  

- 05 

04 

- 03 

-02 

-01 
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IYSTABILITY OF BOUNDARY LAYER ON SUPERSONIC SWEPT ATTACHMENT L I N E  

The instability of a boundary layer at the attachment line of a swept cylinder 
was theoretically investigated. The results of this investigation are documented 
below. 

0 C A L C U L A T I O N S  U S I N G  COMPRESSIBLE L I N E A R  S T A B I L I T Y  THEORY PERFORMED FOR 

A = 60° AND M_ = 3.5 

0 BOUNDARY LAYER SUBJECT TO T O L L M I E N - S C H L I C H T I N G  TYPE I N S T A B I L I T Y  

0 OBLIQUE WAVES W I T H  WAVE ANGLES AROUND 60" ARE MOST AMPLIFIED 

0 COf4PUTED C R I T I C A L  REYNOLDS NUflBER IS R, = 240. 

0 WALL C O O L I N G  I S  S T A B I L I Z I N G -  E X A f l P L E :  THE C R I T I C A L  REYNOLDS NUflBER DOUBLES I F  

Tw/TAD = - 8  

0 ATTACHMENT L I N E  BOUNDARY LAYER SUBJECT TO F I N I T E  A M P L I T U D E  S U B C R I T I C A L  

I N S T A B I L I T Y -  D I S T U R B A N C E S  SUCH AS WALL ROUGHNESS MAY CAUSE PREMATURE 

T R A N S I T  I ON 

992 

I 



INSTABILITY OF BOUNDARY LAYER I N  SWEPT LEADING-EDGE REGION 

The figure below outlines the results regarding the instability of a boundary 
layer on the attachment line of a swept cylinder at Mach = 3.5. 

0 COMPRESSIBLE LINEAR STABILITY ANALYSIS O F  T H E  THREE-DIMENSIONAL 

BOUNDARY L A Y E R  HAS BEEN PERFORMED B O T H  FOR T H E  STATIONARY A N D  

NON-STATIONARY W A V E S  

0 CROSS-FLOW VELOCITY P R O F I L E  DOWNSTREAM IN ATTACHMENT L I N E  HAS 

INFLECTION P O I N T  A N D  THUS I S  S U B J E C T E D T O  INVISCID (RAYLEICH) 

INSTABILITY 

0 COMPUTATIONS SHOW THAT NON-STATIONARY WAVES AMPLIFY MORE THAN 

T H E  STATIONARY ONES 
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CONCLUSIONS 

1 .  Transition is affected by wind-tunnel noise only when roughness is present. 

2. Local R, Reynolds number and kfq* are useful  correlation parameters f o r  a wide 
range of free stream Mach numbers. 

3. Stability theory is in good agreement with the experimental cross-flow vortex 
wavelength. 

994 

I 



REFERENCES 

1. Creel, T. R.; Beckwith, I. E., and Chen, F.-J.: Transition on Swept Leading Edges 
at Mach 3.5. Accepted for publication in the Journal of Aircraft. October 1987. 

2. Poll, D. I. A . :  Transition Description and Predictiion in Three-Dimensional 
Flows. Agard-R-709, June, 1984. 

3 .  Bushnell, D. M., and Huffman, J. K.: Investigation of Heat Transfer to a Leading 
Edge of a 76" Swept Fin With and Without Chordwise Slots and Correlations of 
Swept-Leading-Edge Transition Data For Mach 2 to 8. NASA TMX-1475, 1967. 

4 .  Malik, M. R.: COSAL, - A Black-Box Compress€ble Stability Analysis Code for 
Transition Prediction in Three-Dimensional Boundary Layers. NASA CR-165915, 1982. 

995 





SUPERSONIC BOUNDARY-LAYER TRANSITION 
ON THE LaRC F-106 AND THE DFRF F-15 AIRCRAFT 

Part I: Transition Measurements and Stability Analysis 
F. S. Collier, Jr. and J. B. Johnson 

Part 1 1 :  Aerodynamic Predictions 
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NOTATION 

P 
Re 

1 

a 
A 

P 
V 

SUBSCRIPTS 

00 

W 

t 

c f  

f requency ( H e r t z )  

a1 t i  tude  ( f e e t )  

Mach number 

p ressu re  c o e f f i c i e n t  = P-Pdq, 

s u c t i o n  c o e f f i c i e n t  = (pv),/(pU), 
N - f a c t o r  

cho rd  f r a c t i o n  

chord ( f e e t )  

v e l o c i t y  ( f t / s e c )  

dynamic p ressu re  ( 1  b f / f t 2 )  

p ressu re  ( 1  b / f t  ) 

Reynolds number = Ul/v 
c h a r a c t e r i s t i c  l e n g t h  ( f e e t )  

ang le  o f  a t t a c k  (degrees)  

sweep ang le  (degrees) 

d e n s i t y  ( s l u g s / f t  ) 
k i nemat i c  v i s c o s i t y  ( f t ' l s e c )  

2 

3 

- f ree -s t ream c o n d i t i o n  

- w a l l  c o n d i t i o n  

- t r a n s i t i o n  

- c r o s s f l o w  
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INTRODUCTION 

Because o f  renewed i n t e r e s t  i n  t h e  supersonic f l i g h t  regime and t h e  r e c e n t  success 
w i t h  l am ina r  f l o w  techniques a t  subsonic speeds, t h e r e  i s  a deve lop ing  i n t e r e s t  i n  
examining l am ina r  f l o w  c o n t r o l  f o r  increased f u e l  e f f i c i e n c y  a t  h i g h  speeds. 
tiowever, f l i g h t  da ta  i n  t h e  area o f  supersonic boundary- layer  t r a n s i t i o n  phenomena 
i s  scarce. I n  l a t e  1985, a l i m i t e d  window o f  o p p o r t u n i t y  o f  about 6 months e x i s t e d  
where t h e  Langley F-106 and t h e  Dryden F-15 a i r c r a f t  were a v a i l a b l e  f o r  f l i g h t  
t e s t s .  Two e x p l o r a t o r y  supersonic  f l i g h t  t e s t s  were conducted t o  expand upon t h e  
supersonic  boundary - laye r  t r a n s i t i o n  data base. The o b j e c t i v e s  o f  these c u r s o r y  
f l i g h t  t e s t s  were t o  e x p l o r e  boundary- layer  t r a n s i t i o n  measurement techniques and 
t o  i d e n t i f y  f u t u r e  exper iments.  I n  a d d i t i o n ,  f o r  f u t u r e  des ign c o n s i d e r a t i o n s ,  
t h e r e  was a need t o  o b t a i n  t r a n s i t i o n  data t o  eva lua te  e x i s t i n g  s t a b i l i t y  t h e o r y  
c r i t e r i a  a t  supersonic  speeds and t o  use measured aerodynamic pressure da ta  t o  
eva lua te  f u l l  p o t e n t i a l  f l o w  codes i n  t h e  supersonic  regime. T h i s  l a t t e r  p o i n t  
w i l l  be d iscussed i n  P a r t  I 1  o f  t h i s  paper. 

Primary 
0 Explore boundary layer transition at supersonic cruise 
0 Develop experience in supersonic transition measurement 

techniques 
0 Identify future experiments 
Secondary 
0 Obtain transition data to evaluate existing stability theory 

criteria at supersonic speeds 
0 Use measured aerodynamic pressure data to evaluate full potential 

flow codes in supersonic regime 
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APPROACH 

These e x p l o r a t o r y  supersonic  f l i g h t  t e s t s  were conducted u t i l i z i n g  s u r f a c e  c leanup 
g loves  on t h e  r i g h t  wing and v e r t i c a l  t a i l  o f  t h e  Langley F-106 and t h e  r i g h t  wing 
o f  t h e  Dryden F-15 t e s t  a r c r a f t .  Each g l o v e  was ins t rumen ted  w i t h  s u r f a c e  
p ressu re  o r i f i c e s  a n d  h o t  f lrns t o  o b t a i n  measured pressure and t r a n s i t i o n  da ta  
d u r i n g  f l i g h t .  The measured t r a n s i t i o n  da ta  was c o r r e l a t e d  w i t h  compress ib le ,  
l i n e a r ,  boundary- layer s t a b i l i t y  t h e o r y  which i s  cons idered by many as t h e  
s t a t e - o f - t h e - a r t  t r a n s i t i o n  p r e d i c t i o n  method. The measured p ressu re  da ta  was used 
t o  e v a l u a t e  a n o n - l i n e a r ,  i n v i s c i d ,  f u l l  p o t e n t i a l  code which i s  desc r ibed  i n  more 
d e t a i l  i n  P a r t  I 1  o f  t h i s  r e p o r t .  

0 Perform exploratory supersonic flight tests using 
surface cleanup gloves 
- F-15 
- F-106 

0 Correlate results with computations 
- COSAL; compressible, linear boundary layer stability theory 
- NCOREL: non-linear, full potential, inviscid code 
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The P l i g h t  experiment was conducted using an F-15 t w i n  engine f i g h t e r  type a i r c r a f t  
with a wing leading-edge sweep of 45 degrees. The F-15, normally used f o r  
propulsion t e s t s  a t  NASA Ames-Dryden Flight Research Facil i t y ,  has the abi 1 i ty  t o  
reach speeds in excess of Mach 2 .  Data from previous f l i g h t  experiments showed 
t h a t  the F-15 wing produces a pressure d is t r ibu t ion  which under ideal conditions 
may y i e l d  small amounts of laminar flow. A photograph of the F-15 with the foam 
a n d  f iberg lass  t e s t  section on the r i g h t  wing i s  shown i n  the f igure below. 
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INSTRUMENTATION LAYOUT AND TEST CONDITIONS 

Two separate i n s t r u m e n t a t i o n  systems were used f o r  t h e  f l i g h t  exper iment.  
Q u a n t i t i e s  such as Mach number, a l t i t u d e ,  and ang le  o f  a t t a c k  were o b t a i n e d  f rom 
t h e  a i r c r a f t ' s  main i n s t r u m e n t a t i o n  system. The main system employed two a b s o l u t e  
p ressu re  t ransducers  t o  measure t o t a l  and s t a t i c  pressure f rom t h e  f l i g h t  t e s t  
P i t o t  s t a t i c  probe mounted on a noseboom. 

The i n s t r u m e n t a t i o n  system f o r  t h e  t e s t  s e c t i o n  c o n s i s t e d  o f  a 32 p o r t  e l e c t r o n i c  
scan iva l ve ,  f i v e  temperature compensated h o t - f i l m  anemometers, and an a b s o l u t e  
p ressu re  t ransducer .  The e l e c t r o n i c  s c a n i v a l v e  was used t o  measure pressures f rom 
t h e  two rows o f  15 f l u s h  s t a t i c  pressure o r i f i c e s  and t h e  a b s o l u t e  p ressu re  
t ransducer  measured t h e  pressure on t h e  backs ide o f  t h e  scan iva l ve .  The 
temperature compensated h o t - f i l m  anemometers, s i m i l a r  t o  t h e  system desc r ibed  i n  
r e f e r e n c e  1, were used t o  measure t r a n s i t i o n  l o c a t i o n .  Temperature compensated 
h o t - f i l m  anemometers were used because p rev ious  exper ience a t  supersonic  speeds 
showed t h a t  uncompensated anemometers were s e n s i t i v e  t o  t h e  l o c a l  t o t a l  
temperature,  thereby a f f e c t i n g  t h e  o v e r a l l  s e n s i t i v i t y  o f  t h e  anemometers between 
f l i g h t  c o n d i t i o n s .  The temperature compensated anemometers e l i m i n a t e  t h i s  problem. 
The l o c a t i o n s  o f  t h e  h o t - f i l m  sensors f o r  t h e  f i r s t  phase of  t h e  f l i g h t  t e s t s  were 
5%,  l o % ,  15%, 20%, and 15% chord.  The h o t - f i l m  sensors were a t  176, 2%, 4%, l o % ,  and 
15% chord f o r  t h e  second phase o f  f l i g h t  t e s t s .  

Tes t  p o i n t s  were f l o w n  a t  Mach numbers r a n g i n g  f rom 0.7 t o  1.8 and a l t i t u d e s  
between 20,000 f e e t  and 55,000 f e e t .  Angle o f  a t t a c k  ranged f rom -1 t o  10 degrees. 
The u n i t  Reynolds number ranged f rom 1 .2  t o  4.0 m i l l i o n l f o o t .  I n  o r d e r  t o  va ry  
angle o f  a t t a c k  and h o l d  Mach number and s l t i t u d e  cons tan t ,  c o n s t a n t  G- loading 
t u r n s  were f lown.  

Legend 
0 Surface pressure 

x Hot - f  i l m  sensors 

Test c o n d i t i o n s  
0 Mach no, range, , I I , O n  70-1,8 
0 A l t i t u d e  range, I , t o  55000 f t  

R e / f t ,  I I 

o r i f  i c e s  

I I I I I I ,lI2-4,O m i l l i o n  
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FOAH AND FIBERGLASS TEST SECTION 

z/c 0 

-120 

The foam and f i b e r g l a s s  t e s t  s e c t i o n  was p laced  on the  r i g h t  wing o f  t h e  F-15 t o  
e l i m i n a t e  t h e  p o s s i b l e  e f f e c t s  of  surface imper fec t i ons .  The t e s t  s e c t i o n  r e t a i n e d  
t h e  e x i s t i n g  a i r f o i l  shape b u t  added approx imate ly  1 /4  i n c h  th i ckness .  The g l o v e  
was 4 f e e t  wide and extended p a s t  30% chord. I t  was c o n s t r u c t e d  u s i n g  one l a y e r  o f  
u n i d i r e c t i o n a l  f i b e r g l a s s  under 1/8 i n c h  t h i c k  p o l y e t h y l e n e  foam covered w i t h  f o u r  
l a y e r s  o f  b i d i r e c t i o n a l  f i b e r g l a s s .  The surface c o n s i s t e d  o f  body f i l l e r  and 
p o l y e s t e r  p a i n t .  The waviness d i d  n o t  exceed 0.00075 inch / i nch .  

" 

= I I I I I 

The t e s t  s e c t i o n  c o n f i g u r a t i o n  was changed d u r i n g  the  l a t t e r  p a r t  o f  t h e  f l i g h t  
exper iment.  A notch/bump was added t o  the  i nboard  s ide  o f  t h e  l e a d i n g  edge o f  t h e  
t e s t  s e c t i o n  t o  e l i m i n a t e  t h e  p o s s i b l e  e f f e c t s  of leading-edge contaminat ion.  
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STABILITY ANALYSIS OF THE F-15 SUPERSONIC BOUNDARY-LAYER 
TRANSITION FLIGHT EXPERIMENT RESULTS 

Shown i n  t h e  f i g u r e  below a r e  f o u r  t e s t  p o i n t s  f rom t h e  f l i g h t  t e s t .  On t h e  l e f t ,  
t h e  pressure d i s t r i b u t i o n s  as a f u n c t i o n  o f  chord f r a c t i o n  a r e  presented f o r  Mach 
numbers r a n g i n g  f rom 0.90 t o  1.76, Reynolds numbers r a n g i n g  f rom 13 t o  18 m i l l i o n ,  
and angles o f  a t t a c k  f rom about 3 t o  9 degrees. The d i f f e r e n c e s  i n  t h e  l e v e l s  o f  
t h e  p ressu re  d i s t r i b u t i o n s  a re  m a i n l y  due t o  an ang le  o f  a t t a c k  e f f e c t .  T e s t  
p o i n t s  away f rom t h e  1 - G  l o a d i n g  c o n d i t i o n  were acqu i red  i n  cons tan t  G windup t u r n s  
and were considered ve ry  n e a r l y  s teady s t a t e .  On t h e  r i g h t ,  t h e  corresponding 
c r o s s - f l o w  N - f a c t o r  r e s u l t s  a r e  presented as c a l c u l a t e d  f rom t h e  compress ib le  l i n e a r  
s t a b i l i t y  t h e o r y  code COSAL. The envelope method was used and t h e  c r o s s - f l o w  
d i s tu rbances  were assumed t o  be s t a t i o n a r y  ( z e r o  f requency) .  As can be seen from 
t h e  f i g u r e ,  a t  M=0.98 and M=1 .16 , thec ross - f l ow  N - f a c t o r  a t  t r a n s i t i o n  was 10.5 and 
11, r e s p e c t i v e l y .  These r e s u l t s  a r e  i n  dgreement w i t h  p rev ious  subsonic t r a n s i t i o n  
c o r r e l a t i o n s  t h a t  t r a n s i t i o n  should occur  where t h e  N - f a c t o r  i s  i n  t h e  range o f  
9-12. On t h e  o t h e r  hand, f o r  M=0.90 and M=1.76the c r o s s - f l o w  N - f a c t o r s  were about 
6 a t  t r a n s i t i o n .  There may be seve ra l  exp lana t ions  f o r  t h i s  r e s u l t .  The above 
a n a l y s i s  was conducted f o r  ze ro  frequency d i s tu rbances  and w i t h o u t  t h e  e f f e c t s  o f  
s u r f a c e  c u r v a t u r e  i nc luded .  I t  i s  known t h a t  t r a v e l 1  i n g  d i s tu rbances  (non-zero 
f r e q u e n c i e s ) c a n  be more h i g h l y  a m p l i f i e d ,  which c o u l d  r e s u l t  i n  h i g h e r  N - f a c t o r s  a t  
t r a n s i t i o n .  Conversely, convex s u r f a c e  c u r v a t u r e  has a s t a b i l i z i n g  e f f e c t  on t h e  
d i s tu rbances .  I t  i s  p o s s i b l e  t h a t ,  w i t h  f u r t h e r  a n a l y s i s  which takes i n t o  account 
t h e  aforement ioned e f f e c t s ,  t h e  N - f a c t o r s  a t  t r a n s i t i o n  m i g h t  f a l l  i n t o  t h e  
expected range o f  9-12. 

M = 0,90, Re = 15 X 10 6 
-lIOr a = 3 , 3 0  15 

-1 , 0 Fljght dqto , 

0 # 1 0  ,20 ,30 ,40 
x i c  

, l o  ,20 ,30 ,40 0 
x/c 
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CROSS-FLOW REYNOLDS NUMBER AT TRANSITION 

400 

300 

200 ( t r ans  1 

100 

Another method t h a t  has been used i n  t h e  p a s t  f o r  c o r r e l a t i n q  boundary- layer 
t r a n s i t i o n  data i s  t h a t  o f  comparing t h e  computed va lue o f  t h e  c ross- f low Reynolds 
number a t  t h e  p o i n t  o f  t r a n s i t i o n  wi th  prev ious  data. Presented i n  t h e  f i a u r e  
below i s  t h e  c ross- f low Reynolds number a t  t r a n s i t i o n  as a f u n c t i o n  o f  sweep f o r  a 
s e r i e s  o f  p rev ious  incompress ib le  i n v e s t i q a t i o n s  as compi led by P o l l  (Ref. 2 ) .  
The r e s u l t s  of t h e  present  i n v e s t i g a t i o n  show aood aqreement w i t h  p a s t  r e s u l t s .  

* 

X 
n 

Symbols I Incidence 
1 

5" 
7 "  
8" 
3" 
0" 
0" 
0" 
0" 
0" 
-1" 
- 2 "  
-3" 

0 1  1 1 1 I I I I 

Sweep ( d e g )  
10 20 30 40 50 60 70 80 

Source 

M = 0,901 
Pol 1 
Gregory 
B o l t z  
Anscombe 
Car lson  
Bo l t z  
Bo l t z  
Bo l t z  

1006 

I 



F-106 SUPERSON I C  BWNDARY -LAYER TRANSITION 
FLIGHT TEST 

A t  Langley Research Center,  t h e  F-106 a i r c r a f t  was u t i l i z e d  t o  conduct an 
e x p l o r a t o r y  supersonic  boundary- layer  t r a n s i t i o n  f l i g h t  exper iment,  A schematic o f  
t h e  F-106 i s  shown i n  t h e  f i g u r e  below. Sur face clean-up g loves  were mounted on 
t h e  r i g h t  wing which has a sweep o f  60 degrees and t h e  v e r t i c a l  t a i l  which has a 
sweep o f  55  degrees. The g loves were c o n s t r u c t e d  by l a m i n a t i n g  a l t e r n a t e  l a y e r s  o f  
f i b e r g l a s s  and epoxy ove r  t h e  e x i s t i n g  wing. The f i n a l  l a y e r  was sanded, 
primed, and sprayed w i t h  l a c q u e r  t o  ach ieve  a ve ry  smooth f i n i s h .  The g loves  added 
approx ima te l y  0.10 i n c h  t h i c k n e s s  t o  t h e  e x i s t i n g  su r faces .  Dur ing  t h e  f l i g h t  
t e s t s ,  t h e  Mach number ranged from0.80 t o  1.80,and t h e  a l t i t u d e  v a r i e d  f rom 30,000 
t o  50,000 f e e t  r e s u l t i n g  i n  u n i t  Reynolds numbers i n  t h e  range o f  1.6 t o  5.2 
m i l l i o n  pe r  f o o t .  The ang le  o f  a t t a c k  v a r i e d  f r o m  about 3 degrees up t o  14 
degrees. Because o f  f u e l  and supersonic  a i r  space l i m i t a t i o n s ,  da ta  had t o  be 
c o l l e c t e d  i n  e i t h e r  a s l o w l y  v a r y i n g  a c c e l e r a t i o n  o r  d e c e l e r a t i o n  mode. 

\ H I T ;  r-uriye - up LO N,UUU 

,8 
f t  

1007 



The surface clean-up glove on the r i g h t  wing of  the F-106 i s  shown in the figure 
below. The glove has a span of a b o u t  3 fee t  and  extends beyond 20% chord. Surface 
pressure measurements were made in two rows on the wing. The inboard row consists 
of  18 flush taps on the glove followed by a Strip-A-Tube pressure bel t  with 12  
taps. The ou tboa rd  row consists of 20 flush or i f ices  on the glove followed by a 10 
t a p  Strip-A-Tube bel t .  The inboard and ou tboa rd  pressure rows were oriented in the 
streamwise direction and were located a t  fractional semispan locations of a b o u t  0.5 
and 0 .6 ,  respectively. A s e t  of eight hot-film sensors are mounted on the glove 
for  t ransi t ion detection purposes. The hot-film sensors were mounted so t h a t  they 
were normal t o  the leading edge. The f i r s t  h o t  film was located approximately 0.5 
inch from the leading edge with others following a t  intervals of 1.5 inches. Since 
attachment l ine contamination was anticipated for th i s  f l i gh t  t e s t ,  a Gaster bump 
was bui l t  o n t o  the leading edge near the inboard edge of the glove t o  a l leviate  
t h i s  problem. The best location of the bump was uncertain because of the unknown 
migration of the attachment l ine t h r o u g h o u t  the f l i gh t  as f l i gh t  conditions change. 
I t s  effectiveness was thus somewhat uncertain. 
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The sur face clean-up g l o v e  f o r  t h e  v e r t i c a l  t a i l  i s  shown i n  t h e  f i g u r e  below. 
There a r e  two s e t s  o f  p ressu re  o r i f i c e s  as on t h e  wing. The i n b o a r d  row c o n s i s t s  
of 20 f l u s h  surface taps ,  and t h e  outboard row has 16 f l u s h  su r face  taps. Each row 
i s  o r i e n t e d  i n  t h e  streamwise d i r e c t i o n .  The i n b o a r d  and outboard rows o f  p ressu re  
o r i f i c e s  a r e  l o c a t e d  approx ima te l y  15 and 3 1  inches f rom t h e  fuse lage ,  
r e s p e c t i v e l y .  I n  a d d i t i o n ,  a s e t  o f  e i g h t  h o t - f i l m s  were mounted on t h e  g l o v e  f o r  
t r a n s i t i o n  d e t e c t i o n .  The spacing o f  t h e  h o t  f i l m s  on t h e  v e r t i c a l  t a i l  g l o v e  was 
t h e  same as t h a t  o f  t h e  h o t  f i l m s  on t h e  wing g love.  A Gaster bump was b u i l t  on 
t h e  l e a d i n g  edge near  t h e  i n b o a r d  l o c a t i o n  o f  t h e  g l o v e  t o  c o n t r o l  a t tachment  l i n e  
con tamina t ion ,  On t h e  v e r t i c a l  t a i l ,  t h e  bump c o u l d  be expected t o  be more 
e f f e c t i v e  than  on t h e  wing because t h e  at tachment  l i n e  l o c a t i o n  (and hence t h e  b e s t  
p o s i t i o n  f o r  t h e  bump) was known. 
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F-106 SUPERSONIC TRANSITION 
FLIGHT TEST RESULTS 

I 

a Transition 
Surface M, Hp ( f e e t )  (degrees) locat ion 

A = 60" L50 52000 5 , 8  0,5% c 

A = 55" 1110 51000 7 , 7  1 ,5% c 

Wing 0186  44000 7 ,s  115% C 

Vertical 0 1 9 1  48500 1 0 1 5  510% C 

+ 

The t a b l e  below shows f o u r  t e s t  c o n d i t i o n s  where t r a n s i t i o n  was observed downstream 
o f  t h e  at tachment l i n e ,  For a l l  o t h e r  t e s t  p o i n t s ,  t u r b u l e n t  f l o w  e x i s t e d  a t  t h e  
f i r s t  h o t  - f i l m  gage (0.5% chord ) .  T r a n s i t i o n  was dominated by at tachment l i n e  
con tamina t ion  and r a p i d  c r o s s - f l o w  d i s tu rbance  growth because o f  t h e  h i g h  sweep 
angles.  For many o f  t h e  f l i g h t  c o n d i t i o n s ,  i t  seems t h a t  t h e  Gaster bump, u t i l i z e d  
t o  c o n t r o l  at tachment l i n e  contaminat ion,  may n o t  have worked; but ,  i t  has been 
e f f e c t i v e  i n  o t h e r  f l i g h t  t e s t s  f o r  c o n t r o l l i n g  at tachment l i n e  problems and may 
have j u s t  needed t o  be " f i n e  tuned".  I t  has been shown i n  p rev ious  s t u d i e s  t h a t  
leading-edge s u c t i o n  i s  ve ry  e f f e c t i v e  i n  c o n t r o l l i n g  cross-flow d is tu rbance  growth 
which i s  p resen t  i n  h i g h l y  swept a p p l i c a t i o n s  such as those considered here. 
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F-106 SUPERSONIC BOUNDARY-LAYER 
FLIGHT TEST RESULTS 

Presented i n  t h e  f i g u r e  below i s  t h e  e f f e c t  o f  s u c t i o n  on t h e c r o s s - f l o w  N - f a c t o r  as 
p r e d i c t e d  by compressible,  l i n e a r  s t a b i l i t y  t heo ry .  The C d i s t r i b u t i o n  on t h e  
v e r t i c a l  t a i l  i s  shown f o r  M=1.72, a l t i t u d e  o f  40,000 f e e t ,  grid ang le  o f  a t t a c k  o f  
about  2 degrees. For  t h e  p resen t  f l i g h t s  w i t h  no s u c t i o n  on t h e  g love ,  t h e  r e s u l t s  
show t h a t  t h e  c r o s s - f l o w  N - f a c t o r  i nc reases  v e r y  r a p i d l y  i n  t h e  r e g i o n  o f  t h e  
at tachment  l i n e .  As shown below, Ncf has a va lue  o f  10 a t  2% chord.  Wi th  t h e  
s u c t i o n  d i s t r i b u t i o n  shown on t h e  r i g h t ,  t h e  c r o s s - f l o w  N - f a c t o r  i s  reduced 
s i g n i f i c a n t l y .  The N has a maximum o f  about 6 a t  5 pe rcen t  chord.  The 
d i s tu rbances  a re  stab16 o r  damped o u t  t o  about 20 pe rcen t  chord.  T h i s  l e v e l  o f  
growth i s  cons idered t o  be below t h e  c r i t i c a l  va lue  f o r  t r a n s i t i o n .  

V e r t i c a l  t a i  1 
Moo = L 7 2  h = 40000 f t ,  = L87" 

cP 

-15 

0 

I 5  

110 

20 

Ncf 10 

0 

f 

cq 
X l O O O  

Stable reg ion  0 I1 I 2  
-.---.-.---- X / C  
Suc t ion  on 

11 I 2  
x/c 
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The results of these two exploratory supersonic flight tests seem to indicate 
that to achieve laminar flow past the leading-edge wing box consistently, suction 
must be utilized in the leading-edge region to control cross-flow disturbance 
growth. Also, the problem of attachment line contamination must be addressed. 
By properly designing the leading edge, contamination can be eliminated. 
Presently, there is growing interest in conducting a supersonic flight test with 
suction in the leading-edge region. Shown in the figure below, i s  an artist's 
rendition of how a test article including leading-edge box suction followed by a 
natural laminar-flow glove would appear on the LaRC F-106. The feasibility of 
such a flight test is currently being studied at the LaRC. 
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SUmARY 

For the case of the F-15 flight tests, boundary-layer transition was observed up to 
Mach numbers of 1.2. For very limited and specific flight conditions, laminar flow 
existed back to about 20% chord on the surface clean-up glove. The hot-film 
instrumentation was effective for locating the region of transition. 

For the F-106 flight tests, transition on the wing or vertical tail generally 
occurred very near the attachment line. Transition was believed to be caused by 
either attachment line contamination or strong cross-flow development due to the 
high sweep angles of the test articles. 

The compressible stability analysis showed that cross-flow N-factors were in the 
range of 5-12 at transition. Future plans are to analyze the results including the 
effects of surface curvature and non-stationary cross-flow disturbances. It was 
shown that cross-flow Reynolds numbers at transition ccrrelated well with previous 
incompressible results. 

F-15 F1 ight Tests 
0 Boundary layer transition was observed up to Mach numbers o f  1,2 
0 Hot film instrumentation worked Ne11 for locating the reg ion o f  

transition 
F-106 F 1 iqht Tests 
0 Transition on the wing or vertical tail generally occurred very 

near the attachment line 
0 Transition was believed to be due to either attachment 

line contamination or strong crossflow development due to the 
n i g h  sweep 

Stability analysis 
0 N-factors at transition were in the range o f  5-12 
0 Crossflow Reynolds numbers at transition correlated 

well with previous incompressible results 
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I N T R O D U C T I O N  

C u r r e n t  boundary - laye r  t r a n s i t i o n  a n a l y s i s  methods r e q u i r e  boundarv- 
l a y e r  p r o f i l e s  genera ted  from a code wh ich  r e q u i r e s  as i n p u t  t h e  s u r f a c e  
p ressu res  and v e l o c i t i e s  t a k e n  f rom an i n v i s c i d  f l o w  code o r  f r o m  e x p e r i -  
men ta l  d a t a  ( r e f .  1). The purpose of  t h i s  s t u d y  was t o  examine a s p e c i f i c  
n o n l i n e a r  f l o w  code (NCOREL) as a c a n d i d a t e  f o r  s u p p l y i n g  t h e  necessary  
i n v i s c i d  f l o w  i n f o r m a t i o n  ( r e f s .  2, 3 ) .  

The approach was t o  compare c a l c u l a t e d  Pressures  w i t h  t h e  s u r f a c e  
p ressu res  measured i n  f l i g h t  on t h e  w ing  o f  an F-106 a i r c r a f t .  
a t t e n t i o n  was g i v e n  t o  t h e  l o c a t i o n  o f  t h e  a t tachment  l i n e  and t h e  p r e s s u r e  
d i s t r i b u t i o n  i n  t h e  immediate v i c i n i t y  of t h e  w ing  l e a d i n g  edqe. Compar- 
i s o n s  were made a t  t h r e e  d i f f e r e n t  superson ic  f l i g h t  c o n d i t i o n s .  

S p e c i a l  

AERODYNAMIC PREDICTIONS: INTRODUCTION 

0 Objective: Validate usefulness of non-linear full potential 
method for application t o  laminar flow research 
at supersonic speeds 

0 Approach: Compare full potential solutions and Surface 
pressures measured in flight on F-106 A/C 

0NCOREL code (wing alone and wing body)  

Comparisons at three flight conditions 
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FLIGHT PROFILE AND SENSOR LOCATION 

The f l i g h t  p r o f i l e  i s  shown i n  t h e  upper p o r t i o n  o f  t h e  f i g u r e  i n  
terms o f  angle o f  a t t a c k  and Mach nunber. The ang le  of a t t a c k  ranged from 
approx ima te l y  2 t o  4 degrees and t h e  Mach number ranged f rom approx ima te l y  
0.80 t o  1.75. 
p ressu re  data comparison a re  i n d i c a t e d  by t h e  open symbols. S p e c i f i c a l l y ,  
t h e  t h r e e  cases of  r e s p e c t i v e  angles of a t t a c k  and Mach number are:  2.69" 
and 1.40; 5.92" and 1.43; 2.37" and 1.72. 

The t h r e e  s p e c i f i c  f l i g h t  c o n d i t i o n s  s e l e c t e d  f o r  making t h e  

A s  shown i n  t h e  lower p o r t i o n  o f  t h e  f i g u r e ,  t h e  pressure sensors were 
arranged streamwise a t  two l o c a t i o n s  corresponding t o  semi-span f r a c t i o n s  
o f  0.509 and 0.592. The p ressu re  sensors were l o c a t e d  f rom l e s s  than  1 / 2  
pe rcen t  chord on t h e  lower s u r f a c e  around t h e  l e a d i n g  edge t o  app rox ima te l y  
40 pe rcen t  chord on t h e  upper sur face.  Th is  arrangement was s e l e c t e d  t o  
p r o v i d e  d e t a i l e d  coverage around t h e  l e a d i n g  edge of t h e  wing and on t h e  
w i n g ' s  upper sur face.  

. 
14 

2 
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FEATURES OF NONLINEAR FLOW ANLAYSIS CODE (NCOREL) 

The essential details of the full-potential flow code (NCOREL) are 
listed in the figure. This code solves the nonlinear full-potential 
equation for configurations having supersonic free-stream Mach number and 
attached bow shocks. The solution procedure uses an implicit marching 
scheme and is thus limited to flows supersonic in the marching direction. 
The grid generation is accomplished using conformal mapping techniques and 
is presently able to treat wing-body-inlet configurations. This grid 
generation is ideal for studying flow transition because it naturally 
clusters grid points around the leading edqe. The inlet modeling assumes 
100 Dercent captured mass flow, i.e., no spillage. The configuration 
geometry can be described as discrete points or analytic equations or a 
combination; the F-106 is described entirely by discrete points. In this 
study, only surface pressures are examined; however, all flow quantities 
are available. It will be necessary to have both surface pressures and 
velocities for application to fully three-dimensional boundary layers. 

0 Solves non-linear full potential equation 

0 Supersonic implicit marching scheme 

0 Configurations may have fuselage, wing, inlet 

.Geometry representation can be 

Pointwise 

Analytic 

Mixed 

0 Internally generated computational grid 

0 All flow field and surface quantities available 
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F-106 COMPUTATIONAL GEOMETRY 

One of the objectives of the study was to examine the necessary con- 
figuration modeling requirements. 
for both a complex wing-body-inlet and a simple wing-alone represen- 
tation. It was estimated that a factor of four in computational time and 
time required to prepare input cou ld  be saved if the wing-alone represen- 
tation was found t o  be adequate. 

Thus computational results were obtained 
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MEASUREMENT/THEORY C O M P A R I S O N  

(M = 1 . 4 ,  Alpha = 2 . 6 9 )  

Experimental and theoretical pressures are presented in the next three 
In each figure, the results are displayed by Dlottina Cp as a figures. 

function of 4, where 19 is an angular representation o f  the chord 
fraction. 
corresponds to the wing leading edge, and positive and negative values 
correspond to the upper and lower surface respectively. 

As indicated in the sketch in the figure, the value of 4 = 0 '  

The F-106 wing has leading-edge camber, and f o r  the Mach number and 
angle of attack considered here the pressure measurements exhibit extreme 
variations. In particular, there are two strong suction peaks, one on the 
lower surface and one on the upper surface in addition to the high pressure 
value at the attachment line. 

In the region o f  the leading edge, the character of the highly varying 
pressure distribution is faithfully predicted by both the wing alone and 
the wing-body-inlet configurations. The location o f  the flow attachment 
line, characterized by the maximum pressure coefficient, and the location 
of both suction peaks are well predicted. A t  this condition of Mach number 
and angle of attack, the pressure magnitude at the attachment line i s  
accurately predicted at the outboard span station but i s  substantially 
underpredicted at the inboard station. The magnitudes of the suction peaks 
are underestimated. In the reqion of the upper surface suction peak and 
just downstream the wing-body-inlet pressures are in closer agreement with 
the experimental data than are the wing-alone pressures. 

Mach = 1.40, cz = 2.69O 

x / c  = 1 - C O S ( @ I  

1 1  0.509 
-.4 r 

I I 1 
-90 -45 0 45 90 

Q, deg 

o r x p e i  iment 
----- MOREL wing a lone  

M O K F L  wing body 

I I  = 0.595 
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MEASUREMENT/THEORY COMPARISON 

(M = 1.43,  Alpha = 5.92) 

The r e s u l t s  shown i n  t h i s  f i q u r e  a r e  f o r  a Mach number e s s e n t i a l l y  t h e  
same as t h e  p r e v i o u s  case, b u t  a t  a h i g h e r  anole  o f  a t t a c k .  A t  t h i s  h i g h e r  
ang le  o f  a t t a c k ,  t h e  measured pressures no l onger  e x h i b i t  a s u c t i o n  peak on 
t h e  lower su r face  and t h e  upper s u r f a c e  s u c t i o n  peak i s  s i g n i f i c a n t l y  
l a r g e r .  The c h a r a c t e r  o f  t h e  p ressu re  d i s t r i b u t i o n  i s  q u i t e  d i f f e r e n t  from 
t h e  p rev ious  case and i s  w e l l  p r e d i c t e d ,  w i t h  good agreement except  near 
t h e  upper s u r f a c e  s u c t i o n  peak where t h e  t h e o r y  underest imates t h e  s u c t i o n  
by about 15 percent .  
t o  t h e  upper s u r f a c e  s u c t i o n  peak which i s  near d = 40" o r  23 pe rcen t  of 
t h e  l o c a l  chord. For t h e  r e g i o n  downstream o f  t h e  s u c t i o n  peak, t h e  wing- 
b o d y - i n l e t  r e s u l t s  a r e  i n  good aqreement, and t h e  wing a lone s i g n i f i c a n t l y  
o v e r p r e d i c t s  pressure.  

The w ing -body - in le t  and wing-alone r e s u l t s  agree up 

Mach = l , 4 3 ,  c*. = 5.92" 

0 Experiment 
NCOREL wing alone ----- 

x/c = 1 - cos(+)  NCOREL wing body 

cP 

-,4 

0 

u 
. 1  

-90 -45 0 45 90 -90 -45 0 45 90 
+ J  deg + J  deg 
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MEASUREMENT/THEORY COMPARISON 

(M = 1.72, Alpha = 2.37) 

The d a t a  shown i n  t h i s  f i g u r e  a r e  f o r  a Mach number o f  1.72 and an 
angle o f  a t t a c k  o f  2.37'. 
measured pressures a g a i n  e x h i b i t  two s u c t i o n  peaks as t h e r e  were f o r  t h e  M 
= 1.4 and a lpha = 2.69 case. For the  p resen t  case, t h e  two s u c t i o n  peaks 
a r e  o f  n e a r l y  equal  s t renq th .  

A t  t h i s  low ang le -o f -a t tack  c o n d i t i o n ,  t h e  

As i n  t h e  Prev ious two f i g u r e s ,  t h e  c h a r a c t e r  o f  t h e  p ressu re  d i s t r i -  
bu t i on ,  t h e  l o c a t i o n  o f  t h e  attachment l i n e ,  t h e  l o c a t i o n  of a t tachment  
l i n e ,  t h e  l o c a t i o n  o f  t h e  s u c t i o n  peaks, and t h e  s t a g n a t i o n  pressure 
magnitudes are we1 1 p red ic ted .  

Overa l l ,  t h e  agreement between da ta  and t h e o r y  i s  c l o s e r  f o r  t h i s  
h i q h e r  Mach number case. Again, t h e  wing a lone and w ing -body - in le t  r e s u l t s  
agree except f o r  t h e  r e a i o n  downstream of t h e  upper s u c t i o n  peak, which 
occurs a t  about 4 = 40' o r  23 percent  o f  chord. 

Mach = 1,72, = 2+37" 

V- 
0 Experiment 

NCOREL wing alone ----- 
x/c = 1 - C O S ( @ )  NCOREL wing body 

- 1 4  r 
rl = 0,509 rl = 0,592 

I 
- ,2 

cP 0 

, 2  

, 4  
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A E R O D Y N A M I C  P R E D I C T I O N S :  SUMMARY 

I n  the  leading-edge reg ion ,  t h e  measured pressure d i s t r i b u t i o n s  
e x h i b i t  extreme v a r i a t i o n s  f r o m  s t r o n g  s u c t i o n  peaks t o  a p ressu re  maximum 
a t  t h e  attachment l i n e .  These v a r i a t i o n s  occur over s h o r t  d i s tances  on t h e  
w ing  sur face,  and t h e i r  c h a r a c t e r  changes w i t h  changes i n  Mach number and 
ang le  of  a t t a c k .  

The d a t a / t h e o r y  comparisons show t h a t  t h e  c h a r a c t e r  of t h e  measured 
p ressu re  d i s t r i b u t i o n s  i s  w e l l  p r e d i c t e d  f o r  eve ry  Mach nurnberlangle-of- 
a t t a c k  c o n d i t i o n  considered. There i s  good agreement between t h e o r y  and 
exper iment f o r  t h e  l o c a t i o n  of t h e  at tachment l i n e  and s u c t i o n  peaks. The 
p ressu re  magnitudes a r e  w e l l  rep resen ted  i n  t h e  c r i t i c a l  leading-edge 
reg ion,  i n c l u d i n g  t h e  p ressu re  maximum on t h e  at tachment l i n e .  The 
w i n g l b o d y l i n l e t  r e s u l t s  agree w e l l  w i t h  t h e  wing a lone back t o  about 20 
pe rcen t  o f  chord where t h e  upper s u r f a c e  s u c t i o n  peak t y p i c a l l y  occurs.  

The l a r g e s t  d i f f e r e n c e s  between t h e o r y  and measurement always occur  i n  
t h e  v i c i n i t y  o f  s u c t i o n  peaks, w i t h  t h e  d i f f e r e n c e  be ing  approx ima te l y  15  
pe rcen t  o r  l ess .  I n  t h e  r e g i o n s  o f  l a r g e s t  e r r o r ,  t h e  p r e d i c t e d  pressures 
underest imate t h e  s u c t i o n  peak s t r e n g t h  f o r  each case considered.  

The r e s u l t s  show t h e  a b i l i t y  o f  t h e  NCOREL code t o  reproduce a l l  t h e  
e s s e n t i a l  c h a r a c t e r i s t i c s  o f  t h e  wing pressure.  Moreover, t h e  wing-alone 
r e s u l t s  agree w e l l  enough w i t h  t h e  w i n g - b o d y - i n l e t  t o  j u s t i f y  use of  t h i s  
s i m p l i f i c a t i o n  a t  l e a s t  f o r  p r e l i m i n a r y  design. Al though these r e s u l t s  a r e  
encouraging, t h e  s u c t i o n  peak magnitudes a r e  underest imated, and t h e  e f f e c t  
o f  t h i s  on t h e  boundary- layer s t a b i l i t y  a n a l y s i s  must be determined. 

1023 



REFERENCES 

1. Malik, Mujeeb R.: COSAL--A Black Box Compressible Stability Analysis 
Code for Transition Prediction i n  Three-Dimensional Boundary 
Layers. NASA CR-165925, May 1982. 

2. Siclari, Michael J.: The NCOREL Computer Proqram for 3D Nonlinear 
Supersonic Potential Flow Computations. NASA CR-3694, August 1983. 

3. Siclari, Michael J.: Supersonic Nonlinear Potential Flow Analysis-- 
Interim Report. NASA CR-172456, August 1984. 

1024 



Report Documentation Page 

1.  Report No. 

NASA CP-2487, P a r t  3 

2. Government Accession No. 3. Recipient's Catalog No. 

Research i n  N a t u r a l  Laminar F l o w  and 
Laminar-Flow Cont ro l  

4. Title and Subtitle 

D e c e m b e r  1987 
5. Report Date 

7. Author(s) 

J e r r y  N .  Hefner and Frances  E.  Sabo, C o m p i l e r s  

8. Performing Organization Report No. 

L-16 350 

~ 

9. Performing Organization Name and Address 

NASA Langley Research Center  
Hampton, VA 23665-5225 

12. Sponsoring Agency Name and Address 

N a t i o n a l  Aeronaut ics  and Space Adminis t ra t ion  
Washington, DC 20546-0001 

505-60-31-06 

11 .  Contract or Grant No. 

13. Type of Report and Period Covered 

Conference P u b l i c a t i o n  

14. Sponsoring Agency Code 

' 16. Abstract 

T h i s  symposium w a s  planned i n  view of t h e  r e c e n t  accomplishments w i t h i n  t h e  
areas o f  laminar-flow c o n t r o l  and n a t u r a l  l aminar  f l o w ,  and t h e  p o t e n t i a l  
b e n e f i t s  of laminar-flow technology t o  t h e  c i v i l  and m i l i t a r y  a i r c r a f t  
communities i n  t h e  United States .  The symposium inc luded  t e c h n i c a l  s e s s i o n s  
on advanced t h e o r y  and d e s i g n  tool development,  wind t u n n e l  and f l i g h t  
r e s e a r c h ,  t r a n s i t i o n  measurement and d e t e c t i o n  t e c h n i q u e s ,  l o w  and h igh  
Reynolds number r e s e a r c h ,  and s u b s o n i c  and s u p e r s o n i c  r e s e a r c h .  

19. Security Classif. (of this report) 

17. Key Words (Suggested by Author(sl1 1 18. Distribution Statement 

Laminar flow 
Natura l  l aminar  f l o w  
Aerodynamics 

I Subject Category 02 
20. Security Classif. (of this page) 21. No. of pages 22. Price 

I U n c l a s s i f i e d  I Unclass i f  ied I 402 I 
NASA FORM 1626 OCT 86 m NASA-Langley, 1987 


