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Manned Mars Mission Proposal

1.1 Introduction

Terrapin Technologies is pleased to propose a Manned Mars Mission (M?)

design study. The purpose of M2 is to transport 10 personnel and a habitat
with all required support systems and supplies from low Earth orbit (LEO) to
the surface of Mars and, after an eight-man surface expedition of 3 months, to
return the personnel safely to LEO. The proposed hardware design is based
on systems and components of demonstrated high capability and reliability.
The mission design builds on past mission experience, but incorporates
innovative design approaches to achieve mission priorities. Those priorities,
in decreasing order of importance, are safety, reliability, minimum personnel
transfer time, minimum weight, and minimum cost. The design
demonstrates the feasibility and flexibility of a Waverider transfer module.

1.2 Mission Overview
(Kraft)

The M begins with the departure of the Landing/Launch Vehicle Module
(LLVM) from LEO on a transfer trajectory to Mars. The LLVM is comprised of
three submodules: (1) the LLVM Departure/Return Stage, (2) the
Lander/Launcher/Habitat Submodule, and (3) the Supply Stage (SS). The
Departure/Return Stage provides propulsion and control for the burn out of
LEO, as well as propulsion and control for primary burns to achieve a low
Mars orbit (LMO) and propulsion and control for the burn to return the
Waverider to LEO. The Lander/Launcher/Habitat Submodule provides all
life support, logistics, and equipment for the surface expedition, as well as
propulsion, thermal protection, parachute braking system, and control for
descent to the Mars surface and propulsion and control for liftoff and
rendezvous with the Departure/Return Stage in LMO. Finally, the Supply
Stage carries supplies for the WOPM return to LEO.

Following departure of the LLVM from LEO and checkout of all systems in
Mars orbit, the Waverider Orbital Personnel Module (WOPM) departs LEO
for Venus. The WOPM is comprised of two submodules: (1) the WOPM
Departure Stage, which provides propulsion and control for the burn out of
LEO and separates after that burn is complete, and (2) the Waverider, which
provides propulsion and control for transfer into LMO, thermal protection
for an aero-assist maneuver in the Venus atmosphere, guidance for all phases
of the mission, and accommodations for the ten personnel on both departure
and return legs of the mission. After separation from the WOPM near
Venus, the Departure stage, with propulsion produced by a nuclear generator,
will return autonomously to LEO to be reused for future missions. The



LLVM Departure/Return Stage and the WOPM Departure Stage are of the
same design, and, for generic discussions, will be referred to as "the booster.”

The WOPM aero-gravity assist (AGA) maneuver at Venus is designed to
allow a large change in direction of the orbital velocity without significant
change in the magnitude of the velocity. Thus a significant reduction in
transfer time and flexibility in mission design are gained relative to a
conventional direct transfer from Earth to Mars. After transferring from
Venus to LMO, the WOPM performs an aerobrake maneuver and carries out
a rendezvous with the LLVM, already in Mars parking orbit. Systems are
checked out, and the Waverider, Supply Stage, and Return Stage, now docked
together, are separated from the Lander/Launcher, which then descends to
the Mars surface with 8 of the 10 crew members. The other 2 crew members
remain on board the Waverider to monitor the habitat on Mars and maintain
frequent communication with the ground stations on Earth. They will also
be responsible for performing scientific experiments and transferring supplies
for the return voyage from the Supply Stage portion of the LLVM.

After the 3-month expedition is complete, the Liftoff Submodule rejoins the
WOPM in LMO. Personnel transfer to the Waverider, and the empty SS is
jettisoned. This allows the WOPM to return to earth without the added
weight of the SS, thereby decreasing the necessary amount of return fuel.
Finally, the WOPM departs for Earth with the Return Stage providing
propulsion.

The entire mission requires a total of 520 days: 258 days for the transfer of the
unmanned LLVM to Mars, 135 days for the transfer of the WOPM to Mars, 90
days for the surface expedition, and 137 days for the return of the WOPM to
Earth. The manned mission totals only 362 days. A detailed sequence of
events is provided in Section 1.4, and a detailed description of the design and
function of all modules and submodules is provided in Section IIL

1.3 Design Concept
(Kraft)

1.3.1 LLVM Design and Function

The LLVM is designed to include a Departure/Return Stage, which provides
propulsion for departure from LEO; the Liftoff and Landing Submodules; the
Habitat used as a base for the 3-month expedition; supplies and all support
systems required by the crew during the surface and return phases of the
mission; and the Return Stage, which returns the Waverider from LMO to
LEO. It was decided to place these items on the LLVM instead of the WOPM
because their weight would be an unnecessary burden for the Waverider,
since the crew would not have need of them until LMO is achieved. In
addition, the thin, aerodynamic structure of a Waverider of reasonable



proportions is not capable of transporting such large volumes of matter and
still achieving the high values of L/D required for the Venus fly-by portion of
the mission.

As noted previously, the boosters for the WOPM and the LLVM are of
identical design. They utilize nuclear reactors for propulsion. Tank structure
for the boosters is based on salvaged STS external tanks. Both boosters are
recovered at the end of the mission and can be reused on later missions.

The Launcher/Lander/Habitat is a blunt lifting cone and thus provides a
compact, efficient volume for the crew dwelling on the surface. It uses
chemical propellants.

1.3.2 WOPM Design and Function

The WOPM is designed to carry the 10-person crew and all of the supplies and
equipment needed to reach LMO from LEO. When the Liftoff Subsystem
returns to LMO for rendezvous, the WOPM must be capable of adjusting its
trajectory to meet that of the Liftoff module. Once the remaining crew
reenters the Waverider, it will dock with the booster portion of the LLVM in
the proper configuration for the return trip. The mission concept is shown in
the sketch below.

Waverider docks with
Supply Vehicle in LMO

Waverider performs
AGA maneuver at
Venus

Waverider departs
LEO for rendezvous
with Venus




The Waverider approach to the mission design allowed very short transfer
times, an important factor in assuring the comfort and safety of the crew.
Also, by using aero-gravity maneuvers at planet encounters rather than
propellants, the Waverider concept allows reduction in mission mass
compared to missions relying solely on propulsion; and the AGA allows
more flexibility in choice of launch dates than simple gravity maneuvers.

1.4 Organization
(Kraft)

The Terp Tech organization for the M3 Project is as follows:

Svstem Hurtado

Sysiems Kraft
Trajecto Propulsion Structures Life Support
Seybold Compy Crouse Rosenberg
yan Iverson McCartney Kamosa
Bryant Amato Martin Crunkleton
Miyake Coleman

I1.1 Mission Analysis
I1.2 Trajectory
I1.2.1 Trajectory Design

Research has lead us to develop codes to determine parameters for aero-
gravity assist (AGA) maneuvers, aerobrake corridors, convective heating
rates, rendezvous, and general trajectories. Given below are the results of
these calculations for the Waverider.

11.4.1.1 WOPM Trajectory
(Ryan)

The trajectory of the Waverider consists of leaving earth orbit on an elliptical
transfer orbit to Venus, performing an aero-gravity assist (AGA) maneuver at
Venus, and then travelling to Mars on a new elliptical orbit. Once at Mars, an



aerobrake maneuver will be performed to place the Waverider in a circular
orbit around the planet. For the return to earth, the Waverider is placed on
an elliptical transfer orbit back to earth, where a velocity increment is applied
to slow the vehicle down and place it into orbit about the earth.

The first step in the design of the trajectory was determining how to get to
Venus from Earth in the shortest amount of time. In order to find the
necessary velocities and the times of flight, a computer code was written
using Battin's Universal Formulas (Kaplan, Reference 35). This particular
method was chosen because it allows the computation of the final position
and velocity vectors of a spacecraft after a given duration of time, if the initial
position and velocity vectors are known.

Starting with an initial position vector equal to the orbital radius of the earth
about the sun, an initial velocity (relative to the sun) was entered into the
code. The time of flight was then varied until the final position vector was
equal to the orbital radius vector of Venus about the sun. By repeating this
process for various initial velocities, the time of flight to Venus was
determined. A graph of the data is shown in Figure I1.4.1.1-1 below:
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Figure I1.4.1.1-1: AV vs. Time of Flight

The second step in computing the trajectory of the Waverider was to consider
the path between Venus and Mars. The same method was used as before to
find the final position and velocity vectors, knowing the initial conditions at
Venus. The initial velocity was varied at Venus until the final position of



the spacecraft was equal to the orbital radius of Mars, and a time of flight for
this segment of the trajectory was obtained. A graph of the data is shown in
Figure 11.4.1.1-2 below:
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Figure 11.4.1.1-2: AV at Earth vs. Time of Flight

From the data obtained on the Earth-Venus trajectory , it was found that the
final velocities at Venus were much lower than the required velocities
needed for the Venus-Mars trajectory. In order to obtain the required

velocities, the AGA maneuver design was used. Since the AV obtained by an
AGA maneuver depends on the angular deflection through the planet's
atmosphere, the required deflection angle had to be determined. The
deflection angle could not be picked randomly because it depends on the
position of the planets. Therefore, the third step in the trajectory
determination was to write a computer program to give the heliocentric
coordinates of the planets Venus, Earth, and Mars, if a specific month, day
and year were entered. The code assumed that the orbits of the planets were
circular and coplanar, and the initial starting dates and positions were
obtained from the American Ephemeris and Nautical Almanac.

Considering all the variables in the first three steps, the trajectory was then
found by trial and error. The position of the planets was computed for
various dates, and for each date, the first and second steps were used to
determine the flight times, velocity increments, and required deflection
angles at Venus. The table below lists dates that best fit our goals:



Earth-Venus-Mars Trajectory

Date Time Description
8/22/2026 - Earth Departure
10/28/2026 69 days AGA maneuver at Venus
1/02/2027 135 days Arrive at Mars

Total Period of Trajectory: 135 days

The above trajectory allows the Waverider to reach Mars in 135 days, with a
required deflection angle of 82 degrees through the atmosphere of Venus. A

schematic of the trajectory is given in Figure 11.4.1.1-3.

Mars

@ -Position of Venus on 10/28/2026

© -Positon of Planets on 8/22/2026

-Position of Mars on 1/2/2027

Figure 11.4.1.1-3: Waverider Trajectory



11.4.1.1.1 Venus Flyby
(Bryant)

The Waverider configuration will be used to obtain the shortest possible
round-trip mission time. Ordinarily, a planetary flyby utilizes a gravity assist
maneuver to change the direction of the spacecraft's velocity vector.
However, the range of angular deflections possible with such a maneuver is
somewhat limited. For a gravity assist trajectory, deflection angle is
dependent upon the spacecraft's velocity. For lower velocities, the possible
deflection increases with increasing velocity magnitude, reaching a
maximum when the spacecraft velocity equals the planet's circular velocity at
the radius of passage. If the velocity increases beyond circular velocity, the
angular deflection possible with a gravity assist maneuver begins to decrease.

Rather than perform a simple gravity assist, the Waverider employs an aero-
gravity assist (AGA) maneuver at Venus to supply the AV necessary to reach
Mars. The advantage of using the Waverider for this application lies in the
fact that it is a lifting body. Since its structure is tailored to "ride" the shock
wave at a certain flight condition, the Waverider can enter and fly through
the planet's atmosphere without experiencing excessive velocity loss due to
drag. The lift vector is directed towards the planet during the atmospheric
flyby, thus augmenting gravity and balancing the centrifugal force which
tends to propel the Waverider out of the atmosphere. The result is the
unique ability of the Waverider to remain at a constant altitude during the
atmospheric passage, thus allowing almost any desired angular deflection.

Although the aero-gravity assist maneuver causes velocity losses during the
atmospheric flight, the greater range of possible deflection angles it offers over
a simple gravity assist make it more desirable for planning missions and for
shortening total mission time. With a gravity assist, the planets must be in a
specific alignment for the proper deflection angle to be realized; therefore the
launch windows for such missions are very short and far apart. For an aero-
gravity assist maneuver, however, planetary alignment is not such a crucial
issue, so the launch window is increased considerably.

In our Manned Mars Mission, the Waverider will leave low Earth orbit and
approach Venus on a hyperbolic trajectory. Upon reaching the planet at a
relative velocity of 17.0 km/sec, the vehicle will dive into the atmosphere
and perform the AGA maneuver with a total deflection angle of 82 degrees.

For the mathematical analysis of the AGA maneuver, it was first necessary to
determine the lift needed to balance the centrifugal force acting on the
Waverider at its approach velocity. This was accomplished by use of the
following equation:
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From a calculated value of lift and the definition of lift coefficient,

the density at which the Waverider should fly could be found. Subsequently,
from density tables of the Venusian atmosphere (Hunten, Reference 34), the
following relationship between density and altitude from 60 km to 140 km
was obtained through a computer-generated curve-fit:

h=576-102logr

A computer code was written to solve these three equations iteratively,
obtaining a convergent value of altitude for the AGA maneuver (see
Appendix A). For a Waverider mass of 300,000 kg, we found the necessary lift
to be 9480 kN, corresponding to an atmospheric density of 0.00139 kg/m3 and
a flight altitude of 86.7 km.

Given the total desired deflection angle of 82.0 ° around the planet, it was
possible to calculate what portion of the total flyby would occur in the
atmosphere. Figure 11.4.1.1.1-1 shows the division of the total deflection into
the parts taking place inside and outside the Venusian atmosphere.

\.

1

\L

2

Figure I1.4.1.1.1-1: Aero-Gravity Assist Maneuver

With a hyperbolic approach to the planet, the segments of the deflection
occurring outside the atmosphere were obtained as follows:



Bl
1 1+V2

(é) =sin -1(_91.—21%_)
22 1+V2

Since the leading edges of the Waverider will be made of an ablative material
that will sublime in a known fashion, we were able to assume that the
Waverider lift-to-drag ratio will remain constant at 6.9 throughout the
maneuver, in spite of high heating rates. The above-mentioned computer
code applied these equations iteratively, and the values of (5/2); and (8/2);
were determined to be 12.70 ° and 16.66 °, respectively. Finally, the amount of

deflection occurring in the atmosphere of Venus (8) was found to be 52.64 °,
for a total atmospheric flight time of 6.1 minutes.

Once the deflection through the atmosphere was known, it was possible to
determine the amount of velocity lost during the AGA maneuver. The
velocity of the Waverider leaving the atmosphere of Venus is a function of
deflection angle and the lift-to-drag ratio:

Vy= We%V%)-(eﬁ%- 1)3RL

(INITIAL VELOCITY = 17.0 KM/SEC)

FINAL VELOCITY (KM/SEC)

40 60 80 100 120 140
TOTAL DEFLECTION ANGLE (DEGREES)

Figure 11.4.1.1.1-2: Final Velocity vs Deflection Angle
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Figure 11.4.1.1.1-2 shows the variation in final velocity with deflection angle.
Given the values determined above, the outgoing velocity was found to be
15.3 km/sec, corresponding to a velocity at infinity of 11.4 km/sec relative to
Venus. Finally, the Law of Cosines was applied to the incoming and outgoing
velocities to obtain the AV possible with the AGA maneuver. Figure
I1.4.1.1.1-3 shows the variation of AV with deflection angle. For an angular
deflection of 82 degrees, the AV obtained is 16.5 km/sec.

(INITIAL VELOCITY = 17.0 KWSEC)

{ | ] ]

22 7 ! ! ! !

AV (KM/SEC)

10 | i % %
40 60 80 100 120 140

TOTAL DEFLECTION ANGLE (DEGREES)

Figure 11.4.1.1.1-3: AV vs Deflection Angle

11.4.1.1.2 Mars Capture
(Seybold)

In order to achieve a circular orbit around Mars, we need to burn off the
excess velocity resulting from our hyperbolic approach from Venus. Since we
need to burn off 6-10 km/s, and the Waverider will not have a large enough
propulsive system on board to do a retroburn, an aerobrake seems to be the
most cost and mass efficient way to slow down. To analyze an aerobrake
trajectory, a corridor is found that gives the safest and most effective passage
through a planet's atmosphere. This corridor is defined by an overshoot
boundary and an undershoot boundary.

The quickest and most effective aerobrake is one in which the vehicle

remains in the planet's atmosphere until all of the excess velocity is burned
off. The overshoot boundary is the altitude that the incoming vehicle must
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remain below in order to prevent it from skipping back out of the
atmosphere. In determining our overshoot boundary, the following
equation (Tauber, Bowles, and Yang, Reference 69) was used:

_2 Vi }
Povi=g, énu?)(v% :

Where: Povr = Density at Overshoot Boundary
Ro = Planetary Radius (Mars = 3390 km)
m = Mass
CL= Lift Coefficient
A = Planform Area
Vs = Circular Satellite Speed (Mars = 3555.9 m/s)
V = Approaching Velocity

This equation gives a density; to find the corresponding altitude, the
following atmospheric model is used (Tauber, Bowles, and Yang, Reference
60);

p=piePy
Where:
Altitude Range (km) Pi (kg/m3) Bi( m-1)
> 36 0.03933 0.0001181
9 to 36 0.01901 0.00009804
<9 0.01501 0.00007124

Using this model, an initial altitude is estimated and the corresponding
density obtained. This density is then compared to the density calculated for
the overshoot boundary. Through successive iterations of our code, the two
densities converge until they fall within a given uncertainty (0.0003). Once
within that uncertainty, the code computes the corresponding altitude of the
atmospheric model density. This altitude is the overshoot boundary.

The undershoot boundary is the minimum altitude in the corridor, below
which the vehicle will be fatally drawn in toward the planet's surface. The
procedure for determining this boundary is identical to the one used to
determine the overshoot boundary, with the exception that the density for
the undershoot boundary is determined from (Tauber, Bowles, and Yang,
Reference 60):

12



pu= (55 (B () 2

Where: CD = Drag Coefficient
g = Gravity of Mars (3.73 m/ s2)

To determine the drag coefficient, our code uses the lift coefficient referenced
in the overshoot discussion and asks for an L/D ratio as input. Since L/D is
also CL/CD, the drag coefficient can be easily obtained. For the -dV/dt term,
our code requests an input for the desired multiple of the Martian gravity (the
number of "g's") and multiplies that number by 3.73 m/s? to get the
deceleration the vehicle will undergo.

Both of the inputs mentioned above significantly vary the undershoot
boundary and thus the corridor width. Increasing the L/D ratio (Fig. 11.4.1.1.2-
1) or increasing the deceleration (Fig. 11.4.1.1.2-2) will increase the corridor
width. Also, increasing the deceleration will decrease the time of flight for
the aerobrake. However, it should be noted that the overshoot boundary is
not affected by these inputs; the corridor width is increased by going deeper
into the atmosphere. Therefore, there is a trade-off between a wider
maneuvering corridor and a faster time of flight or lower aerodynamic
heating (from the lower densities) and less strain on the astronauts (from the

lesser deceleration).

10 T o

Lift-to-Drag Ratio

3000 4000 5000 6000 7000 8000 9000 1.000 10!
Corridor Width (m)

Figure 11.4.1.1.2-1: L/D Ratio vs Aerobrake Corridor Width
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Figure 11.4.1.1.2-2: Deceleration Multiple vs Aerobrake Corridor Width

From the expected parameters (m=300,000 kg, A=1,428.87 m2, V=13,200 m/s)
and the lift coefficient obtained from the AGA design, the overshoot
boundary turned out to be 17,680 m. Choosing a deceleration multiple of 4
(dV/dt = 14.92 m/s2) and assuming--even though we will be off optimum--
that the L/D will be about 6, the undershoot boundary is 9,860 m. This results
in a corridor width of 7820 m. Taking the pass altitude to be the center line
between the two boundaries, it turns out to be at 13,770 m, which corresponds
to a density of 4.93E-03. This density is used to determine the heating rates on
the vehicle as it passes through the atmosphere (see Section I11.2.2.3.4).

11.4.1.1.3. Rendezvous
(Seybold)

Once the Waverider reaches Mars, it will have to dock with the supply ship
that will already be circling the planet at an altitude of 170 km. Coming out of
the aerobrake, the Waverider will fire its thrusters to circularize its orbit at an
altitude which is less than the Supply Stage's altitude. Once this orbit has
been attained, the code (Appendix C) to perform the rendezvous will be
activated at some initial longitudinal distance. For the purposes of our
preliminary analysis, the rendezvous will only be considered to be two-
dimensional.
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To determine the longitudinal and latitudinal velocities at any given time
during the rendezvous, a force-free, coplanar form of Hill's equations are
used (Kaplan):

[6xo{nt-sin nt}-y,]nsin nt-2nxo(4-3cos nt)1-cos nt)
(4sin nt-3nt)sin nt+4{1-cos nt)

o)

_ _nxo(4-3cos ntH2(1-cos nt)y,
° sin nt

Where: xo= Initial Longitudinal Distance
yo= Initial Latitudinal Distance
n= 9.988E-04 rad/s for an altitude of 170 km at Mars
t = Time

The code asks for an input of the initial longitudinal and latitudinal distances
and computes the above velocities in two minute increments. An example of
a velocity profile is in Fig. 1.4.1.1.3-1.

Latitudinal Velocity (km/s)

-2 1.6 -1.2 -0.8 -0.4
Longitudinal Velocity (km/s)

(-]

Figure I1.4.1.1.3-1: Rendezvous Velocity Profile

Once the velocities are calculated at each time increment, the position is
determined by multiplying 170 times the sine or cosine of the angle theta
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between the target and the pursuer. Starting from an arbitrary initial value of
theta (1.571 rad.), the code recomputes the angle at each time increment until
it reaches the value of 0.01 rad, where the code prints out the time required to
perform a rendezvous to this distance. Corresponding to the angle, the x and
y positions are determined. Since the code only goes until theta reaches 0.01
rad, the final positions of the Waverider and the Supply Stage do not exactly
coincide. A more sophisticated code will need to be written to maneuver the
Waverider for the last 100 m latitudinally and 5000 m longitudinally. A
typical position profile is in Fig. 11.4.1.1.3-2.

180

145

110

Latitudinal Position (km)

75

40l . S U
0 42.5 85 127.5 170
Longitudinal Position (km)

Figure [1.4.1.1.3-2: Rendezvous Position Profile

As stated above, the code prints out the time it takes for the rendezvous
maneuver to within a theta of 0.01 rad. Assuming that the latitudinal
distance to travel will be constant once the Waverider establishes its circular
orbit after the aerobrake, several runs were made varying the longitudinal
distance. The results of these runs using yo =20 km and 5 km < xo < 100 km
are in Fig. 11.4.1.1.3-3 . It shows that the duration is nearly constant (at about
4500 sec) until the vehicles get to within 20 km; then, the time begins to drop
off sharply. At 5 km, the maneuver takesronly 400 sec. There is a trade-off
between the amount of time it takes to perform the rendezvous at the longer
initial distances and the practicality of performing the maneuver at an initial
distance of only 5 or 10 km. In the end, the astronauts will probably choose to
begin the rendezvous at an initial distance that will give them approximately
2500 to 3500 sec with which to work.
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Figure 11.4.1.1.3-3: Rendezvous Duration vs Longitudinal Distance

[1.4.1.1.4 Transfer from Mars to LEO
(Ryan)

Since a three month stop over at Mars was required for the mission, the
Jaunch date for the trajectory from Mars to Earth is now known, given the
previously calculated Earth-Mars time of flight. Possible aero-gravity assist or
gravity assist maneuvers at Venus were considered for the return trip, but the
position of Venus was unfavorable for these maneuvers on the given launch
dates. Therefore a straight elliptical transfer orbit was used for the return trip
back to Earth.

Again Battin's Universal Formulas were used to obtain the necessary
conditions at Mars to place the Waverider on an elliptical transfer orbit back
to Earth. The initial conditions and time of flights are listed below:

Mars-Earth Return Trajectory

Date Time Into Mission Description
4/02/2027 - Mars Departure
8/17/2027 137 days Arrival at Earth

Total Period of Trajectory: 137 days
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A schematic of the return trajectory is shown in Figure 11.4.1.1-4.

@ -Position of Planets on 4/2/2027 @ -Position of Earth on 8/17/2027
Figure 11.4.1.1-4: Waverider Return Trajectory

When using Battin's Universal Formulas, all velocities obtained are in the
heliocentric reference frame. In order to obtain these heliocentric velocities,
planetary escape and planetary capture sequences must be considered.

The AV required from the propulsion systems to place the Waverider on the
desired transfer orbit to Venus is obtained in the following way:

Let: Vi= required heliocentric velocity
VE= orbital velocity of Earth about the Sun

Hearth= gravitational coefficient of the Earth
Tearth= orbital radius of spacecraft about the Earth

Av=’\/(Vr'\Ica_ﬂ.h)erzuean}1 _,\/Ilearlh

Tearth Tearth
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The required AV to be lost by the aerobrake that will place the Waverider in a
desired orbit about Mars is obtained in the following way:

Let: V;= heliocentric velocity of spacecraft
Vmars= orbital velocity of Mars about the Sun

Hmars= gravitational coefficient of Mars
Imars=desired orbital radius of spacecraft about Mars

AV=\/ (Vi Va2 /\/E““s
s Tmars T'mars Tmars

The final trajectory was selected by taking into account all of the above
considerations.  This trajectory meets the requirements of the Request for
Proposal, in that it provides the minimum time of flight to Mars within two
years of the specified year of 2025. The table below describes the final
trajectory for the entire mission duration of the Waverider.

Final Trajectory of Waverider

Launch_Date Planet y.+* Bend angle
8/22/2026 Earth 6.6 km/sec -
10/28/2026 Venus 16.0 km/sec 82 degrees
1/02/2027 Mars -13.2 km/sec ** -—
4/02/2027 Mars 6.0 km/sec -—
8/17/2027 Earth -5.0km/sec ** -—

*.V,. is given as the relative velocity to the corresponding planet.

** _ The negative sign indicates the velocity is to be lost at the given
planet.

11.4.1.2 LLVM Trajectory
(Ryan)

The Supply Stage (SS) trajectory will consist of placing the vehicle on a

Hohmann transfer orbit to Mars, where it will then be placed in a circular
orbit about Mars and remain there until it docks with the Waverider.
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A Hohmann transfer was selected for the SS because this type of trajectory
requires a minimum velocity increment at Earth and also does not require
the vehicle to perform AGA maneuvers and aerobrakes. Another reason for
using the Hohmann transfer is that launch windows occur about every 26
months, thus giving greater flexibility on launch dates.

Although the time of flight to Mars via a Hohmann transfer is 258 days, the
crew of astronauts will not be riding on the SS, so the long time of flight is
not a major problem from the crew standpoint. However, the SS cannot be
placed in orbit around Mars too far in advance, because fuel and other
supplies that are important for the return trip back to Earth may perish
during the long wait.

The AV required to place the supply ship on the Hohmann transfer orbit is
given by the following equation:

Let: Vo= perihelion velocity of supply ship on transfer orbit
VE= orbital velocity of Earth about the Sun

Hearth= gravitational coefficient of the Earth
Tearth= orbital radius of spacecraft about the Earth

2Uecarth , [Hearth
= a 2 + earth ear
AVJ\/(VP Ve) Tearth Tearth

Likewise, the required AV to slow the vehicle down and place it into the
desired orbit around Mars is given by the following formula:

Let: Ve= aphelion velocity of supply ship on transfer orbit
VM= orbital velocity of Mars about the Sun

Hmars= gravitational coefficient of Mars
Imars=desired orbital radius of spacecraft about Mars

_ 2 Lzueanh _/\/manh

AV’\/(VB VM) Tearth Tearth

The final step in determining the Supply Stage trajectory was to compute
possible launch window dates. Since the Hohmann transfer requires that the
angle formed between the initial position vector of the Earth and the final
position vector of Mars be equal to 180 degrees, the angle between the the
initial position vectors had to be found. This angle is called the opportunity
angle for the trajectory, and it is found by the following method.

It takes the planet Mars 685 days to "sweep" through an angle of 360 degrees,
or one complete revolution about the Sun. It is also known that the period of
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the Hohmann transfer orbit is 258 days. Therefore the angle that Mars
"sweeps" through in 258 days is determined by the proportion below:

_ 258 days
360 degrees 685 days

where: o= the sweep angle = 136 degrees
The opportunity angle is then simply given as:
opportunity angle = 6 = 180 degrees - a= 44 degrees
Therefore, in order for the planets to be in a proper alignment for a
Hohmann Transfer, the position vector of Mars has to be 44 degrees to the

right of the position vector of Earth at the time of departure.

A schematic of the supply ship trajectory is given in Figure 11.4.1.2.

6/30/2025

10/15/2024
10/15/2024

Mars

Figure I1.4.1.2: Supply Ship Trajectory
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The computer code for determining planetary positions for a given date was
used again to determine possible launch windows. Various dates were
entered into the code until an opportunity angle of 44 degrees was found
between the Earth and Mars. A table of an Earth-Mars Hohmann transfer
dates are listed below for the years 2018-2029.

Hohmann Transfer Launch Window Dates

Earth Departure Mars Arrival
5/16/2018 1/29/2019
7/06/2020 3/21/2021

10/15/2024 6/30/2025
12/06/2026 8/21/2027
1/23/2029 10/08/2029

From this data, it can be seen that a launch window for the Hohmann
transfer occurs every 26 months.

11.4.1.3 Ascent/Descent
11.4.1.3.1 Landing

I1.4.1.3.1.1 Landing Trajectory Design
(Kraft)

The principal drivers in design of the landing trajectory are the reentry
velocity and the ballistic coefficient m/CgA of the vehicle. For manned
vehicles, short travel times are required and lead to high approach velocities.
These high velocities must be reduced either by maneuvers above the
atmosphere and transfer to LMO , with high expenditure of propellant, or
reduction of velocity by atmospheric drag, with increased requirements on
thermal protection and guidance/control. The manned Waverider trajectory
is based on the latter approach; the unmanned LLVM trajectory is based on
the former.

Choice of the Lander approach was based on the shape and large size of the
Habitat and the need to carry liftoff propellants. The Lander was chosen to be
a blunt lifting cone design rather than a high-lift design because of the
following considerations:

1. Because long transfer times are not a problem for an unmanned
vehicle, LLVM transfer to Mars was chosen as a Hohmann transfer
with relatively low Mars approach velocity. Thus the propulsion
requirements for capture are relatively low.
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2 Because a habitat for eight people must be a large structure, greater
efficiencies of space, and therefore mass, could be achieved with a
compact shape than with an aerodynamic shape, such as a lifting body
or winged blunt body.

3. The blunt nose configuration provides low heating and high drag for
velocity reduction with low expenditure of fuel.

The sacrifice required by choosing the blunt lifting cone over a body of higher
lift capability is the loss of maneuverability and, therefore, the ability to revise
the landing site during the reentry glide. However, parking orbit surveys
with accurate instruments and precise reentry guidance can reduce this
problem, and the rotation of Mars relative to the parking orbit allows
flexibility in choice of a landing site.

11.4.1.3.1.2 Landing Trajectory Analysis
(Kraft)

The first step in descent to the Mars surface is a transfer from the parking
orbit (LMO) to the altitude at which thermal and drag considerations are
significant. Because the LLVM must remain in LMO for about 6 months
during the WOPM transfer from Earth to Mars and during docking with the
WOPM for personnel transfer and site survey, the LMO must be chosen at
altitudes where drag decay is small. Drag calculations based on the Mars
Reference Atmosphere (Reference 55, Figure 11.4.1.3.1.2-1 ) resulted in a choice
of 170 km for the docking orbit and 90 km for the entry altitude, the altitude at
which thermal control and landing maneuvers begin. At arrival, the LLVM
would assume a circular orbit higher than 170 km to allow for decay during
the 6-month WOPM transfer. The decay rate is given in m/sec by

or _ _ p_CL}.\_\/ﬁ;
ot m . (01.4.1.3-1)
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Figure I1.4.1.3.1.2-1: Density of Mars Atmosphere
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Figure 11.4.1.3.1.2-2: Lander Drag Polar
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For the Lander, a 70°-half angle blunt lifting cone, the drag polar is given in
Figure 11.4.1.3.1.2-2 (Reference 18, Cross), and Cqp = 1.6. Then, for A = 100 m2

and m = 50,000 kg , the design value of the ballistic coefficient m/Cy4A is 312.8
kg/m2. Then, with the Martian surface radius 3415 km and the gravitational

constant p = 45599 km3/sec?, the following decay rates are determined:

Altitude, km _ Decay rate, m/sec  Rate per 3 months, km

100 16.21 26,000
120 0.408 3188
138 0.0408 318
156 0.00408 31.8
174 0.000408 3.18
Decay rate in Mars Orbit
10000 l\
2 1007 N
&
Q \
E 100 3 ‘\\\\tk\
o 3
E ) NG
o 10 3 <
j o
1 v v v v ' v r

110 120 130 140 150 160 170 180
Altitude, km

Figure I1.4.1.3.1.2-3: Decay Rate for A=100 m?2

Based on an average decay rate (calculated from Figure 11.4.1.3.1.2-3) over a
three month period (the period of the surface exploration) and final design
values (A = 149 m?, the parking orbit for the LLVM must have an altitude of

at least 170 km.

The first phase of the landing will involve a Hohmann transfer from 170 km
to 90 km. The small maneuvers required for this transfers are calculated as

2ur
K —re
AV, = Tok \ﬁpk(re+ )

(1.4.1.3-2)
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2 T, r (r + rpk)

where e is the radius at entry, and rpk is the parking orbit radius. The
associated propellant mass required is given by

mO
AV=gJ, m(mf)
(1.4.1.3-3)

where g, is the Earth sea-level gravity, Isp is the specific impulse, and my/m¢
is the ratio of initial to final mass.

Reference 42 (Levine) estimates that returning a 4500 kg package to Mars orbit
will require an entry weight of 23,000 kg with m/Cg4A values of about 630 to
1260 kg/m? for lifting capsule designs of low lift to drag ratios (0.5 to 0.75) and
about 4100 to 8100 kg/m? for large lifting surface designs of high lift to drag
ratios (1.5 to 2.0). The large propellant payload causes the ballistic coefficient
m/C4A to be relatively large. Rough estimates of weights can be based on
propellant density of about 60 Ib/ft3 (960 kg/m3). Thermostructural
environments are severe for these values of m/CgA and high entry velocity.
The upper limit for Mars entries is about 13.7 km/sec based on a load limit of
6 Earth g's.

The penalties of the high entry velocity approach are heat shield weight and
guidance and control system propellant and complexity. The radiation and
convective heating rates are proportional to powers of the ballistic coefficient:

1. 85
ar= (cya)
T
CyA (I.4.1.3-4)
Qe [
MRS (I.4.1.3-5)

For high velocities the rate of ablation is

(0.4.1.3-6)

where q is the thermochemical heat of absorption of the shield material. The
strongest effects on ablation rate are the ballistic coefficient and L/D. The
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ballistic coefficient of the LLVM in its landing configuration is 210, and its
maximum L/D is 0.37.

In addition to heating problems, high entry velocities pose guidance
problems. Tauber (Reference 60) also notes that higher speed entries of about
5 km/sec have an acceptable range of entry flight path angle of less than 0.5°,
whereas lower speed entries of about 3.5 km/sec permit variations in flight
path angle of more than 3°.

Consequently, the design approach for the entry phase of the landing
trajectory was chosen for moderate entry velocity and heating alleviation. A
shallow flight path at entry is maintained to reduce heating and increase
range to permit drag to reduce velocity. Tauber notes that the shallow flight
path angle is also ideal because the low decelerations are below one Earth g
and, therefore , appropriate for crews which might have been physically
weakened during the long voyage to Mars.

A simple Runge-Kutta landing trajectory program was developed to permit
parametric studies to support the trajectory design and estimation of
propellant requirements (Appendix G). The equations of motion chosen for
the integration are as follows:

v PCA , . ;
Sr=""m v -~ zsin Y=gl

C,A
a’Y Y L vz_(é_vz)COS‘Y

VE = 2m r
(1.4.1.3-7)
or )
-aT =v sy
¢ _
5 =V cos Y

The state variables (r,0,v,y) are defined in the following figure:

y
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Also, the drag polar was modeled as a least squares fit of the drag polar of
Figure 11.4.1.3.1.2-2,

Cq =Cqo- 022898 C; +1.3015 C2-46C>  (1.4.1.3-8)

and the atmospheric density was modeled as an exponential in three
segments based on Figure I1.4.1.3.1.2-1:

p = po e Px(h-ho) (I1.4.1.3-9)

po =0.0182 kg/m?3

h > 60 km: p,.=0.100
30 <h < 60 km: p, = 0.090
h <30 km: p,=0.078

The parametric landing study assumed reentry from a circular parking orbit
with a variety of flight plans. Several methods are available to reduce
heating: retro thrust, ablative shields and coatings, insulation, heat sinks,
mass-transfer cooling, and aerobrakes. However, selection of a flight plan to
minimize heating effects is most important in thermal design. The
parametric study is limited in sophistication by the time available and would
be extended in a study contract.

A solution for optimum attitude control for maximum range, minimum
total heat per unit area, and minimum temperature at the nose stagnation
point for lifting vehicles re-entering from a circular orbit has been developed
in Reference 14 (Cavoti). In particular, the solution for the case of constant
aerodynamic coefficients and small angles of attack with high lift coefficients
is

48 . /KCdo

Y=-——5;— = constant
Vv Py

where:

v = flight path angle relative to horizontal

go = surface gravity of Mars

V = velocity

pk = density scale height factor (p= po -Pxah)

and K and Cq, are aerodynamic constants, the induced drag coefficient and
the zero-lift drag coefficient. A control law of this type would be
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implemented during the period of high thermal environment to minimize
thermostructural impacts. This period can be determined by calculating the
convective heat flux at the stagnation point of a three-dimensional nose of
radius ry using the Chapman equation (Reference 59) (Tauber):

.5
. . -87 P 3.04 .,
4,=135-107(77) V' -8y poaoaao

where:
V = orbit velocity at the planet surface
gw = wall enthalpy/total enthalpy
I'n = .2 meters
V¢ = 3.6069 km/sec for entry at 90 km

Heat flux is in Watts/cm2, and gy is taken as 0.20, the value for the STS
Orbiter. Only convective heating is important because equilibrium shock
layer temperatures are too low to produce significant amounts of molecular

radiation. Implementation of the thermal control law to maintain low y was
modeled by the trajectory program from 90 km until the limited lift capability
of the blunt lifting cone was exceeded. The convective heat flux was
calculated by the Runge-Kutta trajectory program using Equation 11.4.1.3-10.
Also, the dynamic pressure was calculated as

=1
qQ=72Pv", (I1.4.1.3-11)

Because of the limited lift capability of the blunt lifting cone, significant
velocity levels remain to be eliminated at low altitudes by propulsion or
other means. As a means of reducing propellant required for landing, use of
parachutes was investigated. Reference 46 (McMullen) provides data on
parachute drag area vs. mass. Parachutes of existing design may be deployed
at Mach numbers of over 2.0. A parametric study was conducted to determine
maximum deployment heights which keep loads and deceleration levels to
reasonable limits and Mach numbers less than 2.6. The Runge-Kutta
trajectory program determined Mach number , a constraint on parachute
deployment, as a least squares fit of the speed of sound based on data of
Reference 56 (sketch below), the Mars Reference Atmosphere:

Mach Number = v/a (1.4.1.3-12)
where:

a = 0.24641 - 6.7094(10°%) h -7.307(106) h2 + 1.0758(10”7) h3
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Figure I1.4.1.3.1.2-4: Speed of Sound in Martian Atmosphere

Weight of the resulting parachute system was then compared to the weight of
propellant required without the parachute system. The parachute approach
proved more mass-efficient, with net savings of five to ten percent of Lander

weight.

To reduce loads and deceleration, a three-phase plan was adopted. Based on
the design criteria of the Recovery Systems Guide (USAF Report) and the
experience of Reference 46 (McMullen), the choice of systems was as follows,

with two parachutes:

Parachute phase 1 - Supersonic of the high-porosity FIST ribbon type,
conical equiflo design, with C4A of 600 square meters.

Parachute phase 2 - Parachute phase 3 in reefed configuration

Parachute phase 3 - Supersonic type, with with C4A of 4800 square
meters.

Initial deployment, by spring ejection, is triggered by radar altimeter in
parallel with series-connected g and pressure switches. Deployment of the
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second parachute is initiated by a timer, with force provided by the previous
parachute on release.

In summary, the final profile chosen involves a moderate entry initiated
from a circular parking orbit of 170 km, entry velocity of 3.6069 km/sec at 90
km, guidance for thermal control and velocity reduction from 90 km until
conditions are reached to allow parachute deployment, three stage parachute
deployment beginning at Mach 2.6, and a final powered flight hover/landing
phase initiated at 0.5 km.

11.4.1.3.1.3 Landing Trajectory Program
(Kraft)

The Landing Trajectory Program listing and sample runs are contained in
Appendix D. The program has two modes of output: (1) a thermal search
mode, useful in designing the lift/drag guidance and control system inputs,
and (2) the normal mode, which determines state and environment
conditions as a function of time for all phases of the trajectory: Hohmann
transfer from parking orbit to entry at 90 km, guided lift/drag control to low
altitude, deployment of parachutes, and thrusted landing, including hovering
and lateral maneuvering.

The program is first used in the thermal search mode to investigate the
effectivity of the lift/drag capability of the blunt lifting cone. Initial studies
show capability of lift/drag guidance to maintain low flight path angle for
limited periods of time Because of the limited lift/drag capability of the blunt
cone configuration, a later sequence of studies maximized lift and
investigated heating for various design flight path angles. Trajectories 1 - 5
indicated that convective heating increased rapidly for flight path angles
greater than 2°.

Once lift/drag guidance sequences were selected, the trajectory program was
used in the normal print mode to select the final trajectory, including possible
propulsion corrections and parachute effects. Because lifting capability was
limited, the program was modified to include two corrective burns to reduce
flight path angle after lift guidance capability was exceeded. Times of the
corrective burns were varied. Also, drag characteristics of parachutes were
varied within conservative limits.

The parametric studies showed that (1) the blunt lifting cone is an efficient
landing system, (2) parachutes, or an equivalent intermediate braking system,
are required and efficient for this configuration, and (3) final braking can be
reduced to a minimum of hovering and lateral maneuvering to avoid
undesirable landing sites.
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Data for typical runs is shown in the following table. In particular, the final
design trajectory chosen, trajectory 22 of Appendix D, is shown. A mass
summary for both the Lander and the Launcher, based on detailed systems
studies, is shown in Section 11.4.1.3.3.

Mars Lander Trajectory Runs

Traj Initial Mass Chute Parking Entry Landing Hover/ Final
No. Mass Rate Mass/M Orbit Mass Mass  Lateral Mass
(kg) (kg) (kg)sec) (km) (kg) (kg) (kg) (kg)

6 50000 300 0/- 100 82 7247 2033 40638
7 50000 300 851/22 100 82 2035 2205 44827
9 50000 300 609/22 100 82 2293 2204 44812

10 60000 300 782/24 100 105 7971 2631 48511
11 60000 300 782/25 100 105 2740 2814 53559

16 53400 200 851/24 100 93 1905 2522 48029
17 53400 150 851/24 100 93 2017 2521 47918
22 52100 89 920/2.6 100 91 1621 2407 47061

Note: For run 22 the 1450 kg heat shield was dropped at deployment of the
second parachute, so that the trajectory printout shows a final mass of 45611

kg.

A comparison of trajectories 6 and 7 from the table shows the importance of
the parachute system in the reduction of terminal velocity, with a gain of
about ten percent achieved in final mass. The effect of increasing the Mach
number at which the first parachute is deployed is shown by trajectories 9 - 11.
Trajectories 16 - 22 show the effect of reducing mass flow rate, or thrust (the
specific impulse for all runs was 300 seconds). For trajectory 22, the parachute
system is not able to totally reduce the terminal velocity in the time available
after first deployment. A further iteration to increase thrust slightly or to
provide a thrusting period prior to parachute deployment would be required
for this trajectory.

11.4.1.3.2 Launch
(Kraft)

The Launcher Submodule is contained within the Launcher/Lander Module
and provides the transfer from the Mars surface to a parking orbit where it
will rendezvous with the Waverider to transfer personnel and scientific
samples for the return to Earth.
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A simple Runge-Kutta trajectory program (Appendix E) was developed to
allow parametric studies of the launch design. The program assumes gravity
turn guidance after an initial period of small constant turn rate to gain
altitude. The equations of motion for this program are as follows:

(I1.4.1.3-13)
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The x¢and y; are guidance thrust attitude terms which direct the thrust,
initially at a constant rate and, in a subsequent phase, along the velocity
vector. The launch program directs powered flight until the osculating
apogee equals the target parking orbit altitude. The program then terminates
the Runge-Kutta integration and calculates analytically the velocity
increment to circularize at the parking orbit altitude.

Appendix E also includes sample trajectories generated in selection of the
nominal launch profile. In particular, the final trajectory chosen, trajectory 8
of Appendix E, is shown. A weight summary, based on detailed systems
studies, is shown in Section 11.4.1.3.3.

Launcher Trajectory Runs

Traj Initial Mass Turn Parking Dynamic  Final
No. Mass Rate  Time/Rate  Orbit Pressure = Mass
(kg) (kg/sec) (sec/°sec)  (km) (N/m2) (kg)

0 22300 300 4/1.0 100 8105 6744

1 20300 180 4/10 170 21164 5670

2 22000 42 240/.35 170 758 5467

3 22000 42 240/.40 170 7443 5505

4 22000 42 240/ .45 170 100000 2299

5 22000 42 220/.40 170 4752 5536

6 22000 42 200/.40 170 4320 5540

7 22000 42 180/.40 170 6419 5518
8 22300 42 200/.40 170 9420 5537
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Trajectories 0 - 2 show the effect of mass flow rate on final mass in orbit.
Sensitivity to the magnitude and duration of the initial pitch rate is shown in
trajectories 2 - 4 and 5 - 7, respectively.

Figure 11.4.3.3
Lander/Launcher Mass Summary
Launcher Lander
Structure 1150 7400
Heat Shield 1450
Life Support 1478 7762
Electrical 600 1800
G&C 422 750
Propulsion 330 402
Science/Equipment 2750
Rovers 800
Science 1800
Tools 150
Parachutes 920
Dry Weight 3980 23234
Contingency (10%) 398 2323
4378 25557
Propellant 16763 4119
Reserves (2%) 335 82
21476 29758
Launcher 21476
Total Lander 51234
Crew 800 800
Lander Ignition 52034
Launcher Ignition 22276

I1.4.1.3.3 Ascent/Descent Mass Summary
An overall mass summary, based on the final trajectories for the Lander and

Launcher and on the masses provided by systems designers, is given in Figure
I1.4.3.3. These masses are the result of several iterations between the
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propulsion and trajectory analyses. Although the iterations have nearly
converged, one further iteration is required to slightly increase Lander thrust
to further reduce the small terminal velocity and facilitate hovering. This
iteration would reduce slightly the Lander masses of Figure 1433

IL1 Systems
I11.2 WOPM Systems

I11.2.1 Propulsion
(Compy)

In order to meet mission requirements, our propulsive system -
embodied in a booster - will be capable of a variety of interplanetary
missions. By simply changing the amount of fuel, we can use the same
booster design for both the SS and the Waverider. This will result in a
significant development cost savings.

The propulsion requirements for this mission are primarily safety,
reusability, and low development cost. Because we are using nuclear
engines, it is extremely important that the mission be safe and
successful for the future of space exploration. Accidents tend to slow
down progress, as evidenced by the Challenger accident in 1986. Any
future missions to Mars will be seriously affected by the results of our
mission.

One safety concern is in the construction of our propulsive system. We
must develop protection and monitoring systems to ensure that there
are no personnel or environmental dangers.

Our second safety concern is a booster operation accident. To prevent
one, preliminary testing will be done on the surface, followed by more
advanced developmental testing in space.

In this mission, the booster for the supply ship will be reused for the
purpose of returning the Waverider to Earth. After it is in Mars orbit,
the booster and it's fuel will have to wait at least a year until the
Waverider arrives and the crew completes its surface mission before it
will be ignited again. It is essential that the engines start when the
astronauts push the button. To ensure reliability, we will incorporate
appropriate testing into our development phase.

Since the main showcase of this mission will be in the use of the
Waverider, it is in this area that development costs will be the highest.
To counter-balance this, our propulsion systems emphasize cost and
development efficiency over risky technologies.
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It is necessary then to do a comparison of different engine types, using
several assumptions. The first assumption is that we will be able to
build reliable and reusable pumps for the fuel. This is justified by
having 30 years of development and improvement (over today's
problematic shuttle pumps) before the mission is scheduled for launch.
Another assumption is that we have an Advanced Launch System
(ALS) capable of lifting 150 tons to Low Earth Orbit (LEO). The figure of
150 tons has been given in the Request For Proposal (RFP) to which we
are responding. A third assumption is that there will be a Space Station
from which we can accomplish construction and assembly of the
vehicles. As a necessary safety precaution, there will be a need for a craft
capable of moving the booster/supply ship or booster/Waverider away
from the Space Station so that we do not have to fire in its vicinity. The
supply ship or the Waverider will have it's own maneuvering
thrusters, but to save on fuel it is better for another craft to move the
booster/supply ship or booster/Waverider into a higher orbit. For this
purpose we propose that we use a space shuttle which carries it's fuel in
the cargo bay. The shuttle will use maneuvering thrusters to get away
from the space station and then use it's main drive to send the
booster /Waverider or booster/supply ship combination into a higher
orbit. The shuttle would then use it's remaining fuel to reduce it's orbit
back to the space station altitude where it could dock again.

Our final engine choice was a solid core nuclear rocket. We picked that
engine type from the following comparison study.

In our comparison study the first engine type that we looked at was a
chemical engine . Because this mission occurs in space, we are more
concerned with specific impulse (Isp) than thrust. The highest Isp
producing chemical engine is the same Hydrogen/Oxygen system that
the space shuttle uses. Of course there will be improvements in the
engine over a 30 year period. However, using the present Isp value for
the space shuttle main engines (460 seconds), we estimate that we could
get 480 seconds maximum out of the engines. The amount of delta V is
dependent on Isp and fuel, and is determined using the equation:

AV=g Isp In(R)

where:
g = the gravity constant of earth at sea level
R = the mass fraction
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(Hill, Reference 30). If the Isp is low, as with the chemical engine, then
more fuel is needed. The amount of fuel is contained in the mass
fraction R:

_(M¢+M,)
R= M,

where:
Mo = the mass of the structure and the cargo
Mp = the mass of the propellent

(Hill). In Figure [1.2.1-1, a comparison of the amount of fuel needed to
achieve a given AV is shown. For the chemical system, an Isp of 480
seconds was used compared to the nuclear solid core Isp of 1200 seconds.
As you can see, the chemical system uses about 4.3 times the amount of
fuel at a structure mass (Ms) of 500,000 kg. The value of the structure
mass (Ms) includes the mass of the booster. Although chemical engines
are typically much lighter than nuclear engines, at large Ms numbers,
the added mass of oxidizer and the extra fuel tank mass increase the net
booster mass. This balances the large mass of a nuclear booster at large
values of Ms. One advantage of a chemical system is the low
development cost; it is essentially an existing technology with a few
improvements. A disadvantage to this system is the fact that oxidizer as
well as fuel must be carried, which increases the amount of mass carried
on the booster. Since more fuel is needed than for other engine types,
more structure mass is needed to carry the greater amount of fuel. This
increases construction costs and transportation costs. With an increase
in the amount of launches from earth, there is an increase in the
possibility of an accident. Another disadvantage of chemical systems is
that they will not help to further space technology for future missions,
since current chemical engines are already pushing the limits of this
technology. The nuclear solid core booster has the added benefit that
future missions will have a new source of propulsion already
developed.
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Figure I11.2.1-1: Chemical vs. Nuclear System Masses

The next engine type investigated was a nuclear electric engine system.
A major disadvantage of this system is that it is not currently being
adequately funded, i.e. we would have to absorb the developmental
costs. Also, although this system holds great promise for future
interplanetary missions, it seems to us to be an unnecessary redundant
of the Waverider. The development costs and short flight time indicate
that this is an alternate plan to the Waverider and not for use with it.

The third and last type of engine investigated were nuclear engines.
There are many nuclear engine types, but we can break them down into
two categories - the solid core and gas core. Solid core engines are all
monopropellent engines. Hydrogen is usually used because the lower
molecular weight, the higher the Isp. This can be shown by

¥-1

- T
Isp=1 %‘—To(l-(-g? B

(Hill, Reference 30). Also, the lower the molecular weight, the larger
the value of R. Solid core engines have the disadvantage of being
partially developed. They have been studied since the 1950's (Borowski,
Reference 8). With improvements in technology we expect an Isp of
1200 seconds. This Isp is more than twice as high as that of chemical
engines. Because of the high Isp, there are less structure and
transportation costs when compared to chemical engines. We also need
the high Isp because we already have a high Ms, and the higher Ms is,
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the greater the amount of fuel needed. By once again referring to Figure
IT1.2.1-1, it is obvious that at high Ms values, significant fuel is saved
when using the solid core nuclear system. The development costs
should not be too high because of all of the prior development that has
gone into solid core engines already. Some engines have been built and
have worked for long duration periods, proving the concept to be a
working system.

The second type of nuclear rocket system considered is a gas core reactor.
The benefit of this system is that it is capable of generating Isp's of up to
6000 seconds. At that Isp you could get to Mars much faster than by
using the Waverider. It is feasible to get to Mars on a courier mission in
just 80 days using this system (Mensing, Reference 49). The problem is
that development costs are extreme, as there are many technological
problems with the gas core reactor. A gas core reactor uses uranium
which is so hot that it is a plasma. Some of the major problems that
need to be overcome are computational fluid modeling and
development of materials capable of withstanding very high
temperatures (Mensing). Development of a nuclear gas core system is
similar to the development of the nuclear electric propulsion system.
Both propulsion systems are alternatives to the Waverider concept.

In conclusion, it seems that the nuclear solid core system is the best
solution. The major safety hazard is from radiation, which is easily
shielded by use of a shadow shield (Buden, Reference 11). The shadow
shield is a barrier of shield material that is between the reactor and the
endangered areas. Using this method you only need to shield in one
direction instead of shielding the entire reactor. The radiation does not
curve around the shield unless an atmosphere is present.

For construction of the booster we, as previously mentioned, are going
to use the space station as a working base. The fuel tanks will be empty
space shuttle external tanks which will be brought into orbit instead of
being dropped. To hold the fuel tanks and channel the fuel to the
reactor, there will be a long, slender truss structure with the necessary
equipment. Tank masses and dimensions are provided in Section
11.2.1.1. The configuration is shown in Figure II1.2.1-2 The amount of
tanks will depend on the amount of fuel needed,with the capability of
extra tanks to be added around the inner core of tanks. The truss
structure will be built in space using pre-fabricated parts that are shipped
up by the ALS. The fuel will also be shipped up in several ALS
Jaunches. Once launched for Mars, the booster will get added AV from
momentum transfer by dropping empty fuel tanks.
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I11.2.1.1  Primary Propulsion System Design
(Compy)

Before the Waverider reaches Venus, our booster will detach from the
Waverider and use the remaining fuel in its tanks to put it on a
trajectory back to Earth. At Earth the first booster will use its
maneuvering thrusters and main engines to put itself into orbit, where
it can be recaptured.and reused for future missions. At Mars the
Waverider will dock with the SS booster and use it to return to Earth.
As the SS booster/Waverider approaches Earth it will use its main
engines to brake and put the combination into orbit.

The actual fuel tank will be made from the liquid hydrogen tank on
board the external fuel tank. The external skin on the external tank will
remain on the fuel tank. The oxidizer tank will be cut off from the
external tank. A cap will then be placed over that cut. The fuel will
need to be cryogenically stored. The reactor will be bimodal to power
the cryogenics and to power the other systems on board the booster. By
bimodal we mean that the reactor will also act as a power supply as well
as an engine. To hold the fuel tanks and channel the fuel to the reactor,
there will be a long, slender truss structure with the necessary
equipment. The specifications for the Waverider booster are in the
table below. The acronym NEBIT refers to Nuclear Engine Booster for
Interplanetary Travel, and WR stands for the Waverider.

Waverider Booster Specifications

Booster Length: 40 m Tank Length: 30m
Booster Width: 22m Truss Length: 35m
Booster Mass (fueled): 556,440 kg Miscellaneous Mass: 15,000 kg
Fuel Mass (maximum): 426,440 kg Reactor Mass: 15,000 kg
Thrust: 2,352,000 N Tank Mass: 20,000 kg
Specific Impulse: 1,200 sec Tank Diameter: 8.7m
Delta V (with WR): 10,523 m/s Truss Diameter: 4m

Total Mass (NEBIT + WR): 856,440 kg

The configuration looks like Figure II1.2.1-2 with the capability of extra
tanks to be added around the inner core of tanks.
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Figure I11.2.1-2: WOPM Booster System

The specifications of the LLVM booster system will be discussed in
section I11.3.1.1. The thrust for both boosters was set to what we desired.
The pumps on the space shuttle have a high mass flow rate which is
above what we desire for our system. The mass flow relates to Isp and
thrust from the following equation.

Isp= T.
gm

(Hill, Reference 30), where m dot is mass flow. We set a mass flow rate
of 200 kg/s for our rocket, which is below the mass flow of the space
shuttle. This will make our burn time about 30 minutes for the
booster/Waverider combination and about 40 minutes for the
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booster/SS combination. We can get any thrust we want by changing
the mass flow rate of the pump. Because this is a nuclear rocket, we can
also change the heat of the reactor by use of the control rods. The
control rods are also what keeps the reactor active or inactive.

Both booster rockets will need a control section to monitor all the sub-
systems on board as well as to coordinate communications from the
booster to any other system attached to the booster. This control center
will also guide the Waverider booster on its return trajectory to Earth.
For this purpose we propose using two supercomputers of the same
type that control the Waverider systems (Section 111.2.4). After
detachment from the Waverider, the booster section will deploy a small
communications array that will handle all the signals coming from
Earth.

To radiate excess heat from the reactor, the shroud that covers the
reactor will also have a space radiator system built into its skin. This
will help improve performance and keep the heat within limits on the

reactor.

For guidance and control, the booster will use the same Orbital
Maneuvering System (OMS) that the space shuttle uses. For further
information on this system see the guidance and control section for the
Waverider.

111.2.1.1.1 Core Design
(Iverson)

We now needed to determine what type of solid core reactor to use to
meet our objective of attaining an Isp of 1200 seconds and a thrust of 2.2
MN with minimal design costs.

Conceptually, a nuclear solid-core rocket engine is little more than an
immense heat reservoir that raises the enthalpy of a given coolant or
propellant. As illustrated in Figure II1.2.1.1.1-1, this propellant is expanded
through a nozzle, thus exerting a force or thrust on the engine.

As shown below, the shadow shield is located above the reactor thus casting a
shadow of radiation on the crew and payload. No other shielding is required.
The mass of the shield is a function of the thermal power output and the
dosage distance. For now, the shield will be approximated to be about 1900 kg.
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Conceptual Nuclear Solid-core
ropulsion System
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Figure I11.2.1.1.1-1: Conceptual Nuclear Solid-Core System

A typical or generic core is made up of several components including: the
coolant/propellant tubes, the moderator, the control rods, and the fuel ele-
ments. Figure I11.2.1.1.1-2 provides a crude model of a typical reactor core.

43
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Figure I11.2.1.1.1-2: Reactor Core Cross-Section

The moderator (beryllium is often used) has the function of slowing down
fast neutrons which would otherwise split atoms/molecules, thereby
providing a higher neutron density than is required for sustained fission.
The moderator is generally of some material with low atomic/molecular
weight. This requirement goes back to simple mechanics where the energy
transferred in collision is a function of the relative mass of each body. Little
energy is transferred when the difference in mass of the two colliding bodies
is large. It is analogous to a ping pong ball bouncing off a bowling ball.

The control rods, as their name implies, control the operation of the core.
Their specific function is to absorb neutrons. Control rods are usually made
of a boron-carbon material.

The coolant tubes transport the propellant through the core. The tubes are
made of a material with high strength, high melting and creep temperature,
and high thermal conductivity. Carbon based materials are often used, but
suffer from severe corrosion and ablation due to iteration with the hydrogen
propellant. This problem can be resolved through the use of special coatings
of zirconium carbide or zirconium oxide applied on the coolant tubes of the
Waverider.

The fuel elements are of particular interest. The various types of fuel
elements will be compared and contrasted in detail later. For now, the fuel
elements will be defined as the core component that generates all of the heat
energy.
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Hydrogen was selected as the propellant because of its low molecular weight
and its relatively low heat of dissociation.

Dissociation, in the case of a nuclear solid-core reactor, is considered
beneficial, since the reactor core, for all practical purposes, can be thought of as
an infinite heat reservoir. Thus, despite the energy lost to dissociation, the
abundance of energy provided by the reactor more than makes up for this
loss. This can be thought of as an investment into the lowest possible
molecular weight available for normal solid-core operation, ionic hydrogen.
However, this investment becomes useless if hydrogen ions recombine into
hydrogen molecules. The result of recombination is a spontaneous emission
or loss of energy. Recombination can be reduced by reducing chamber
pressure. Figure I11.2.1.1.1-3 shows isobaric plots of specific impulse versus
fluid (stagnation) temperature.

Expansion of Hydrogen Propellant
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Figure I11.2.1.1.1-3: Expansion of Propellant

Notice the Isp for a given temperature increases with decreasing chamber
pressure. Therefore, our goal of attaining a specific impulse of 1200 seconds
can be attained by encouraging dissociation through a low chamber pressure.
For example, 1200 seconds is obtained at a temperature of 3175 K and a
chamber pressure of 69 KPa.

Maximizing specific impulse through lowered chamber pressure has a
significant trade - off. In order to accommodate the required mass flow rate of
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200 kg/s and a chamber pressure of 69 KPa, a throat diameter of about 0.45
meters is required. Figure II1.2.1.1.1-4 illustrates this trade-off over different
ranges of chamber pressure.
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Figure I11.2.1.1.1-4: Reactor Core Cross-Section

This has the immediate drawback of requiring a large nozzle. However, with
such a low chamber pressure, the pressure vessel container need not be so
strong or massive. One concern which requires further study, however, is the
effect that such low pressures will have on the heat transfer. Another issue to
be considered is the complexity of dissociated /recombining flow with variable
vibrational energies. An optimization of pressure and throat diameter
(mass), as well as a determination of the nozzle parameters, and, finally, the
heat transfers must be examined with a CFD code that utilizes a
dissociation/chemistry model. However, it should be noted that higher
specific impulses require a significantly larger nozzle than otherwise.
Following a thorough analysis, it may be found that a high specific impulse
dependent upon dissociation may violate our low development cost
objective, whereupon our specific impulse goal would have to be lowered.
For the remainder of the paper it will be assumed that no such limitation
exists.

Obviously, our objective requires that chamber temperature be maximized.
Therefore, a fuel element must be chosen to fit the requirements. There are
three general classes of fuel elements: unclad, particle bed, and clad.

The unclad fuel element provides no mechanism for physically confining a
molten or gaseous fission fuel. Thus, such a fuel element is limited to the
melting temperature of the fission fuel (uranium dioxide) which is just
under 3000 K.

The particle bed fuel element is also unclad. However, it differs significantly
from the generic core, which uses graphite tubes containing uranium dioxide.
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The particle bed fuel element is also unclad. However, it differs significantly
from the generic core, which uses graphite tubes containing uranium dioxide.
Instead, the particle bed fuel element is made up of spherical fuel beads
contained between two concentric, monocoque cylinders. Each fuel bead is
coated with a moderator material, which is coated by an anticorrosive coating.
The propellant flows in and around the fuel beads, thus providing a much
larger effective surface area for a given volume. Therefore, a particle bed fuel
element should be considerably smaller and less massive than any other fuel
element configuration. The particle bed fuel element violates our low
development costs rule since it has not been tested (though SDI tests are
rumored to have taken place). Once again, low development costs are
inherent in our overall objective, as the Waverider is to be an alternative to
an exotic propulsion system. One other problem with the particle-bed fuel
element is the fact that it is unclad, and is therefore limited to the melting
temperature of the fission fuel. A hybrid particle bed-clad fuel element
having spheres designed to contain non-solid fission material would be the
ultimate in fuel element concepts.

The clad fuel element has been selected for this mission. Note that a clad fuel
element physically contains or confines its fission fuel despite its state.

Specifically, we have selected a CerMet (ceramic metal) fuel element. Such an
element is composed of a tungsten matrix with uranium dioxide sandwiched
inside. The CerMet fuel element is further cladded with a tungsten-
molybdenum-rhenium alloy which has a similar thermal expansion
coefficient. Tungsten is well suited for this purpose because of its high
thermal conductivity, neutronic insensitivity, and the fact that it has a
melting point of 3700 K. Furthermore, the CerMet configuration is a fast
spectrum, or breeder, reactor. There were many doubts about the feasibility of
such a system. A breeder reactor operates without asmoderator and exploits
the high energy of the fast neutrons by allowing them to collide with the
neutronically stable uranium-238. This produces uranium-235 (the desired
isotope that fissions spontaneously given critical mass) or more fuel. A
breeder reactor can have a significantly longer operating life. Tungsten has a
melting temperature of 3700 K, yet the 710 program of the late 60's and early
70's tested a CerMet reactor up to a temperature of only 2740 K. It was
mentioned previously that a fluid stagnation temperature of 3175 K was
needed to provide for a specific impulse of 1200 s. Consider, though, that the
main objective of the 710 program was not to produce the highest specific
impulse, which would require much higher operating temperatures, but to
simply demonstrate the feasibility of the system. The 710 program eliminated
long-standing doubts. Questions of safety, in particular, were laid to rest by
immersing the reactor (without control rod and reflectors) in seawater, thus
demonstrating that seawater was sufficient enough to moderate, or control, a
CerMet reactor in the event of an accident during launch which caused the
reactor to be deposited into the ocean. This also implies that that the
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hydrogen propellant could be pumped into the reactor to shut down the
system - another safety precaution. In conclusion, the CerMet configuration
was selected because of its potentially higher operating temperatures,
abundant technology base, safety, and its longer operating life.

The mass of the core, pressure vessel, and reflector on the high side, should
be approximately 20,000 kg. This figure was estimated from the known
masses and thrust capabilities of other reactors. The mass of the nozzle is
unknown, pending a computational analysis/optimization.

The CerMet fuel element can be further enhanced. For example, consider a
simplified geometry and propellant injection system where the coolant tube
is simply a pipe, and the propellant flows through it from one end to the
other (reactors do not usually have such a set-up because it leaves one end
considerably hotter than the other, and it also induces a very significant
thermal gradient and hence a large thermal load). As the flow approaches the
exit of the coolant pipe, its temperature has come close to that of the fuel
element. With such a low temperature difference, the fuel element at that
end is not cooled very much and could suffer severe damage. Since the
temperature gradient and thermal loads continuously decrease, the structure
need not be as strong on one end as at the other. Therefore, introducing fine
grooves into the fuel element would not over-stress the element. By
introducing the grooves, the effective surface area is dramatically increased,
resulting in greater electromagnetic radiation emission (infrared light, visible
light, etc..). This provides a supplemental cooling mechanism for the hot
end of the coolant pipe. Furthermore, it transfers or radiates more energy to
the propellant. This simplified example applies to reality in that, no matter
how well the geometry and coolant injection system is designed, there will
always be low thermal gradients and hot spots on the fuel element.

All materials lose their strength, stiffness, and/or elasticity as their
temperature approaches the melting point. Therefore, the fuel elements
must be "over-cladded" (the cross-section of the elements are increased with
the addition of more tungsten) so that structural failure does not occur at
operating temperatures near the melting point of tungsten. Despite this
added mass, the core of a rocket engine typically accounts for only 10% of the
overall mass of the engine. The containment vessel, even with its much
lower chamber , accounts for the majority of the engine mass.

The reactor will be of bimodal design; this means that the engine generates
electricity as well as thrust, but does not do so simultaneously. Such an
output would require 3500 kg of helium (which can be stored in the smaller
tanks of the space shuttle external fuel tanks). Helium was chosen for this
continuous operation because of its inert properties. Although, hydrogen
does not react highly with tungsten or its alloy, over a long operating period it
could damage the other components (the control rods are made of
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boron /carbon which is corroded by hydrogen if the protective coatings erode
over time). The power conversion generator and the heat rejection radiator-
manifold have masses of 23,000 kg and 25,000 kg respectively.

In conclusion, our objective of attaining a specific impulse of 1200 s and a
thrust of 2.2 MN can be obtained with low development costs by utilizing a
CerMet solid-core nuclear propulsion system.

I11.2.2 Structures
(McCartney, Martin)

We have chosen to use a Waverider to transport the crew because it will
provide for the shortest transit time possible. A Waverider is a vehicle built
so that it can create a shock wave that does not separate from the leading edge.
The attached shock provides high pressure on the lower surface creating a
pressure differential with the freestream pressure on the top. The advantage
of this is not allowing for the tremendous pressure drop that occurs across a
shock between the freestream and the leading edge of a normal hypersonic
vehicle. Because it "rides" on its own shock wave and avoids the usual
pressure losses, the vehicle can achieve much better aerodynamic
performance for a given high-speed condition.

We intend to use a Waverider for a gravity-assist maneuver around the
planet Venus in order to complete the crew's journey as quickly as possible.
A standard gravity assist maneuver is usually done to slightly change the
direction of the velocity vector of a spacecraft. This is achieved by flying close
to a planet and letting the planet's gravity do the work that fuel would
normally have to do. For this spacecraft, we intend to enter the atmosphere
of the planet to significantly change the velocity vector as well as gain some
velocity from the planet's orbital momentum.

If a normal spacecraft were to fly the trajectory we have planned, it would
slow down considerably in the atmosphere due to drag, and it would not stay
in the atmosphere long enough to change its direction as we have planned to
do. The Waverider is special in that it is a lifting body, capable of using the
lift produced to keep it inside the atmosphere (by pointing the vector down
instead of up) as long as necessary to make the required angular deflection. In
other words, the Waverider can "bite off" as much atmosphere and turn as
much as it wants in order to get going in the right direction. This type of
aero-gravity-assist maneuver will enable the spacecraft to get a large direction
change around Venus and arrive at Mars sooner than otherwise possible.

The actual design of the Waverider in terms of size and shape was done by
computer generation given several basic parameters. A program was written by
University of Maryland graduate student Tom McLaughlin to input the expected
flight conditions and certain desired physical characteristics (i.e. length, size
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constraints) for a vehicle and output the size, shape, and aerodynamic characteristics
of a corresponding Waverider. The program uses an iterative process and designs a
vehicle optimizing for a certain parameter such as maximum lift-to-drag ratio (L/D)
or maximum volume.

In designing a Waverider, there were a number of considerations to take into
account. Shortening the flight time of the crew was a high design criteria and was
the driving factor behind our design. In order to accomplish the trip in the shortest
possible time, we wanted to have as high an L/D as the Waverider could deliver.
The velocity lost due to drag in the atmosphere is not recoverable, so it is
imperative to lose as little as possible.

Another consideration was the shape of the vehicle. In order to achieve the
required aerodynamic performance necessary for an efficient aero-gravity-assist
maneuver, a Waverider must be long and slender. The longer and more slender a
Waverider is, the better the performance is, as a general rule. While long and
slender gives good aerodynamic characteristics, it makes for poor volume efficiency.
From a life support standpoint, the greater the amount of volume inside, the better
the mission can be from a number of standpoints, including crew living space,
morale, and overall comfort. Hence, it was important to keep the volume of the
Waverider high enough for the benefit of the crew without sacrificing too much in
the way of vehicle flight performance.

Four preliminary Waveriders were run using computer generation to get an idea as
to the shape, size, and characteristics of the vehicle. The Waverider lengths entered
were either sixty or seventy meters long and the resulting vehicles had volumes
ranging from three thousand to fifteen thousand cubic meters. Some interesting
tradeoffs were discovered as a result. The primary concerns for us as a design group
have been (L/D) and volume. Waveriders are very thin by nature and while that is
helpful for aerodynamic performance, having one too thin could prove useless
from the standpoint of the crew and the equipment inside. It was found that, for a
given flight condition, optimizing for maximum volume gave a slightly lower L/D
but a greatly increased interior volume. From an overall design standpoint,
doubling or tripling the volume and taking a five to six percent decrease in L/D is a
good trade-off.

Another trade-off found was that of altitude. Because of the temperature drop with
altitude, a lower Mach number can be achieved by going lower into the atmosphere.
This also tends to increase L/D although the results did not show this effect to a
great extent. It seems as though a certain Mach number independence occurs so that
for Mach numbers greater than fifty, the characteristics of any given Waverider are
fairly similar.

The biggest disappointment after the first runs was that all the L/D’s were near four,
which is much lower than we needed for an efficient maneuver. At first it was
thought that the reason could very well be the high Mach numbers, since no
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Waveriders were run at a Mach number below fifty. Without a high L/D, it is not
advantageous to go through the atmosphere. Further runs determined that our first
design were not slender enough to achieve the desired L/D. This problem was
corrected for in the final design. Also, the first runs proved that great increases in
volume could come as a result of a small extension of length. Since the majority of
volume in a Waverider is at the back, a small increase in length can yield a large
increase in volume.

It was determined by the time of our final Waverider design that the optimum
atmospheric density for the maneuver was a fixed value based on the lift required to
balance the centripetal acceleration. This requirement dictated that the Waverider
design be run near eighty-six kilometers. Since the altitude was fixed, the major
design consideration at hand was achieving a balance between L/D and interior
volume. After a number of design attempts, it could be seen that the smaller the
generating cone angle, the greater the L/D and the smaller the volume. At first the
optimization was done for L/D, but again it was found that optimizing for volume
nearly doubled that parameter while only dropping L/D slightly, so it was decided to
alter the optimization. Volume optimizing and designing for an L/D of at least
seven was how the final design was completed. '

After continuing to lengthen the vehicle at ten meter increments from sixty to
eighty, and shortening the cone angle from twelve to below eight, it was determined
that the design had reached an optimum balance between length, volume, and L/D.
The final design for the Waverider is shown in Figure I11.2.2-1.

V(entry): 17 km/sec

Mach : 76
Alt: 30 km
o; L/D 69
Length: 80m

A0

Base Height:10m
Base Width: 28m

The final design had a L/D of 6.89 and an internal volume of 5,300 m3.
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A Waverider is extremely volume inefficient by nature. Even though there are
5,300 m3 in the vehicle, much of it cannot be used effectively. With the most usable
volume near the trailing edge, the Waverider was split into three decks of crew
living area. (see Figure I11.2.2-2). The decks have the following characteristics:

Deck Floor Area ( m2)  Volume (m3)
Main 550 1650
Bottom 110 275
Top 65 163
TOTAL 725 2008

This leaves almost 3300 m3 of space for storage of fuel, cooling fluids, water, food,
and equipment. The nuclear reactor will be placed forward of the living spaces to
minimize the amount of shielding required. The liquid hydrogen tanks will be
placed on the neutral axis so that as they drain, it will not shift the center of gravity.
The water tanks will be placed on the right side of the vehicle to counterbalance the
oxygen and nitrogen tanks on the left. The rear of the vehicle will be reinforced so
that the nuclear booster can be attached.

A first approximation of structural loading was taken by analyzing the major
loadings for the point during the trip when maximum loading was expected. That
point is during the Venus maneuver when the Waverider experiences an
acceleration of 4.5 G's. The approximation was done by assuming the lift force was
distributed evenly over the bottom surface. The lift was found using a known lift
coefficient for the vehicle and the pressure near eighty kilometers is a given value.
A safety factor of 1.5 was included as it is for many aerospace applications. The
result of a simple truss structure analysis was a mass of 3,700 kg just for support
against compression.

111.2.2.1 Materials
(McCartney, Martin)

111.2.2.1.1 Outer Structure

The Waverider will experience severe heating rates, temperatures, and
structural loading when it passes through the atmospheres of Venus, Mars,
and Earth. However, these aspects will vary on different parts of the
Waverider as shown in Figure III1.2.2.1.1-1. The heating on the nose will be
quite different than the heating on the upper surface. Therefore, different
parts of the Waverider are designed differently.
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Figure I11.2.2.1.1-1: Waverider Heating Distribution

The upper surface of the Waverider will experience relatively low
temperatures, since it is parallel to the freestream air flow. It will be protected
with a hot structure system (see Figure I11.2.2.1.1-2)  This structure is the same
that is used by the SR-71 Blackbird. The hot structure is composed of a skin
supported by corrugated webbing. It can be made with a high temperature
alloy like titanium aluminide, which gives the structure high strength up to
1200 K with a significant reduction in weight.
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Figure I11.2.2.1.1-2: Hot Structure

The lower surface of the Waverider will experience different temperatures and
heating rates at different locations. The inner part of the surface that experiences
temperatures below 2500 K will be covered with a thermal protection system. This
type of structure is used by the Space Shuttle, for which ceramic tiles protect the
aluminum primary structure. The thermal protection system consists of a high
strength, low weight primary structure which is protected from the heat by a
thermally protective material. Since the primary structure is covered by the thermal
tiles, it does not have to be smooth. This allows the primary structure to be built
with a configuration that maximizes strength while minimizing weight (see Figure
I11.2.2.1.1-3). For a structure to have the maximum geometric efficiency possible, the
principal load bearing area should be symmetric about the neutral axis. It should
have curved caps and clamped edges for a high buckling coefficient. Also it should
have a low-density web between the caps that support the load. The truss-core web
corrugation is the most geometrically efficient configuration. The primary structure

will be built with a titanium aluminide for good strength and light weight.

Tubular Beaded web Truss-core web

corrugalion cotrugation o
Geomelric efliciency lactors

. / \  Symmelry about centroid
/’ ~ e High local buckling coeflicient
« Low core density

o Load bearing core
0.54 0.43

Relative unit weight Figure I11.2.2.1.1-3: Primary Structure

The thermal tiles will be made of three-dimensional carbon-carbon composites. For
temperatures above 1200 K, carbon-carbon composites have the highest specific
strength of any structural material. It can withstand temperatures up to 2500 K
while maintaining its strength and stiffness. It also has ablative properties, which
will give the Waverider extra protection in case it encounters higher heating rates.
However, carbon-carbon composites oxidize rapidly in temperatures above 850 K.
The carbon-carbon will be coated with silicon carbide, forming a thin layer over the
composite and protecting it from oxidation. However, the coating and the carbon-
carbon have different rates of thermal expansion, which causes the coating to crack
at high temperatures. The carbon-carbon will be protected by a second line of
defense consisting of a silicate sealant. As the coating cracks, the sealant will fill the
cracks and prevent oxidation.
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Since carbon-carbon can only withstand temperatures up to 2500 K, the area behind
the nose and leading edges will need an active cooling system. The structure will
consist of carbon-carbon composites surrounding refractory metal heat pipes (see
Figure I11.2.2.1.1-4). Liquid hydrogen will pass through these pipes, absorbing heat
from the structure and carrying it to the rear where it can be expanded out of a
nozzle to provide a propulsive thrust to help overcome some of the drag. The heat
pipes will be composed of tungsten since it has the lowest reaction rate (with carbon)
of the refractory metals. It also has very high thermal conductivity and a low rate of
thermal expansion. The heat pipes will be spaced and sized so that in the case of
system failure, the ablative properties of the carbon-carbon will protect the vehicle.
Five-thousand Kg of hydrogen will be needed to protect the structure during the
encounter with Venus, and an additional 5,000 kg will be needed for Mars. The
hydrogen will be heated to a temperature of 1000 K and expanded through two
nozzles at a mass flow rate of 13.89 kg/sec. This will provide an extra 75,000 N of
thrust.

Activ ling System

Ablative Material

Figure I11.2.2.1.1-4: Waverider Cooling System

The nose and the leading edges of the Waverider will experience heating rates of up
to 33,500 W/cm2. This corresponds to a temperature of 9000 K, the highest
experienced anywhere on the vehicle. No material that exists can withstand this.
Therefore, these high-heating areas will be protected by an ablative surface. Carbon
phenolic, the ablative material used on the Galileo probe, was selected to protect the
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vehicle because it can withstand temperatures over 11,000 K. The ablative edges will
be manufactured so that the leading edges of the Waverider remain sharp during
the passage through the atmosphere of Venus. It is important that the edges remain
sharp so that air does not spill over the edges, reducing the L/D ratio of the vehicle.
During the Martian encounter, the last of the ablative material will burn away,
exposing the active cooling system. This will reduce the L/D ratio for the Martian
aerobrake, which will allow for a quicker reduction in speed.

111.2.2.1.2 Inner Structure

The inner structure will consist of a three dimensional truss network
designed to support the outer structure. The beams will be spaced close
enough together so that the outer structure doesn't buckle, yet as far apart as
possible to cut down on weight.

111.2.2.2 Weights
(McCartney, Martin)

The hot structure making up the upper surface of the Waverider will have a mass
of 19.6 kg/m2. The thermal protection system and active cooling system on the
lower surface will have a mass of 34.2 kg/m2. The total structural mass of the
Waverider is as follows:

Upper surface 28,480 kg

Lower surface 48,870 kg

Additional support 3,700 kg

Liquid hydrogen 12,000 kg
and tanks

Total structural mass 93,050 kg

111.2.2.3 Environments
(McCartney)

The atmosphere of Venus is very thick and is mostly composed of carbon dioxide.
In fact, 97% of the atmosphere is carbon dioxide, so that in general, the other
components can be neglected. A complete listing of atmospheric characteristics for
altitudes up to 100 kilometers can be found on the following spreadsheet. The
temperature of the atmosphere drops significantly with height, making for an
increasingly high Mach number for higher altitudes. The orbital velocity (circular)
for each altitude is shown giving our absolute minimum speed during transit if we
hope to escape from the planet's gravity.
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111.2.2.3.1 Thermal
(McCartney)

One of the major problems with Waverider design is heating. Flying at extremely
high Mach numbers makes aerodynamic heating a significant problem. A first
analysis of stagnation temperature was done using a recovery factor (see the above
spreadsheet), but these values were determined to be too high to be accurate. A next
step was to examine the chemical reaction that happens to carbon dioxide at high
temperature. The results showed that above 4000 K the gas completely dissociates
and absorbs energy in the process. However, due to the high speed of the vehicle,
complete dissociation will not occur. In examining the heating rates that the
Waverider will experience, convective heating rates were calculated both with and

without chemistry effects.

I11.2.2.3.1.1 Convective Heating Rates (without chemistry)
(Seybold)

In order to obtain a qualitative idea of the convective heating rates we would
be facing, we used this general formula to plot stagnation point and laminar
flat plate data:

q=p"=y™_C
Stagnation Point: n=0.5, m=3.0, C=(1.83E-08)(/R)
Laminar Flat Plate: n=0.5, m=3.2, C=(2.53E-09)(¥ €08 ®)(sin ®)(y¥X)

Where: R=Nose Radius in m

®=Local Body Angle
V=Approaching Velocity in m/s
P=Density at Given Altitude in kg/m3

The equation is taken from Anderson's book, Hypersonics and High
Temperature Gas Dynamics; it gives reasonable correlations as long as a cold
wall is assumed and the boundary layer theory is valid.

I11.2.2.3.1.2.1 Stagnation Point

For the stagnation point of the Waverider, we find that the heating rates are
high (in the 10000's) and increase significantly with either increasing density
(Fig. 111.2.2.3.4.2.1-1) or increasing velocity (Fig. 1I11.2.2.3.4.2.1-2). The
explanation for the very high heating rates is the small nose radius (0.01 m)
that is used in the Waverider configuration. A larger (blunter) nose decreases
the heating rate (Fig. I11.2.2.3.4.2.1-3).
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Using the following relation, we can determine the temperatures that
correspond to the stagnation point heating rates:

Q(in(convective))=q(out(radiative))
ployM _C=goT?

Where: e=Emissivity of the Material
o=Stefan-Boltzman Constant
T=Temperature

Corresponding to the high heating rates, the stagnation temperatures reach
several thousand degrees Kelvin (Fig. [11.2.2.3.4.2.1). These high temperatures
stretch the current heat shielding technology and would be nearly
unmanageable if they were present over large portions of the Waverider.
However, they are only present in the vicinity of the stagnation point, or the
circumference of the nose radius, which is at most a few centimeters on a
vehicle that is several meters in length. The small size of the affected area
allows us to concentrate our shielding so that we can tolerate the high
temperatures. Specifically for our Waverider, the stagnation heating rate is
29550 W /cm?2; the stagnation temperature is 8730.
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Figure I11.2.2.3.4.2.1: Stagnation Convective Heating Rate vs Temperature
111.2.2.3.4.2.2 Laminar Flat Plate

To approximate the heating rates over the under, or "business , side of the
Waverider, the laminar flat plate form of the heating rate equation is used.
For our purposes, the Waverider is assumed to be a flat plate because of its
relative thinness (a 14 m base height on a 70 m vehicle). Also, because of the
thin shock layer around the Waverider, a laminar flow assumption is
acceptable. As the velocity increases and/or the vehicle decreases in size, this
assumption becomes more accurate.

When the calculations are made, it is shown that the heating rate decreases as
the distance from the stagnation point increases. For our Waverider, we
determined the body angle from the relation:

1 _L
m¢eff D

Where: 9eff = Effective Body Angle
Since we have an L/D of approximately 6.9, our body angle comes out to be

8.27 deg, or 0.14434 rad. Using this value in our calculations, along with the
approaching velocity and appropriate density, the laminar convective heating
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value can be determined at any position on the underside of the Waverider.
Figure [11.2.2.3.4.2.2 is an example of this analysis for the Martian aerobrake.
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Figure 111.2.2.3.4.2.2: Waverider Heating for Martian Aerobrake
I1.2.2.3.4.3 Convective Heating Rates (with chemistry)

Because of the personnel shortages, this aspect of aerodynamic heating could
not be adequately explored. However, a preliminary analysis was made by a
member of the Structures group which indicated that a total reaction would
give off more heat than we would be absorbing; this led to the conclusion that
the atmospheric gases would not be totally reacting at any point in our
journey. We do not know, or have an estimate, of what the actual reaction
percentage would be.

I11.2.2.3.4.4 Radiative Heating Rates
(McCartney)

The equilibrium temperatures at points on the lifting surface were determined by
using the Stefan-Boltzman Law of blackbody radiation. Assuming an emissivity of
0.7, the temperatures were obtained from the relation shown below

eg=0T* T=temperature
g=emissivity
6=5.67 x 10E-08
(=heating rate
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This corresponds to a distribution of temperatures shown in Figure I11.2.2.1.1-
1. The high heating rates and corresponding temperatures require that some
kind of special precautions be taken in terms of materials to prevent the
structure from melting or coming apart in the Venus atmosphere.

111.2.3 Electrical

I11.2.3.1 Power
(Kamosa)

The requirements for power on extended manned missions are great.
Nuclear power is currently a proven means for generation of large amounts
of power . Nuclear reactor power generation has several unique
characteristics which make it attractive and even singularly enabling for
many space applications. The advantages of nuclear power reactor systems are
that they can provide a large and continuous supply of electrical power,
operate independently of external supplies of fuel or energy, and are
relatively invulnerable to environmental hazards of space. In addition, their
relatively small size offers certain operational enhancement in reduced
spacecraft size and reduced interference with other structures. Nuclear reactor
power systems provide a highly reliable direct heat supply and low cost
effectiveness despite large initial capital costs (Vaughn). Figure I11.2.3.1 shows
the various types of power systems available versus mission power
requirements and duration. It is obvious from this graph that this mission
falls into the nuclear power category, substantiating the use of nuclear power
on the Waverider.

Power needs on the Waverider vehicle are large, considering the vast
amounts of systems and subsystems and the duration of the mission with a
crew of ten. Power needs will include communications, life support areas of
lighting, kitchen, bathroom, computer workstations, guidance and control
systems, bunking areas, and active heating and cooling, all electrically driven
items. Power consumption is in the order of IMW of power.

The large power requirements will be met by means of a liquid cooled (NaK),

UO; fuel reactor coupled with 4 free piston stirling engines for power
conversion.
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Figure I11.2.3.1: Available Power Systems

I11.2.3.1.1 Reactor System with Free Piston Stirling Engines

The reactor system represents the main power control area within the
Waverider forward section. The power system will be incorporated into the
structure and it will have a heat dissipative radiator system integrated into
the Waverider top side. Radiation shielding to protect the crew will consist of
Tungsten as a shield against gamma radiation and Lithium-Hydride (Natural
and Depleted) within a stainless steel matrix as a shield against neutron

radiation.

The Waverider’s UO3 reactor coupled with the Free Piston Stirling Engines
will nominally have a power output of 1 MW. A drawback of such a system
contained within the Waverider will be the means of dissipating the waste
heat from the reactor and the various systems associated with it. Waste heat
will be transported by a piping system primarily made from molybdenum
tubing running from the reactor area to the lower surface area of the outer
skin section (Figure I11.2.3.1.1-1). These types of heat pipe systems have been
tested using a working fluid of sodium to a temperature of 1600 K for periods
up to 23,700 hours. Heat pipes used in these tests were from 1.0-1.5 m in
length. Excess heat can be utilized for crew heating in the atmospheric
control system. An idea for waste elimination would be to use this excess
heat diverted to a chamber where waste can be stored, incinerated, then
ejected from the Waverider. The expected heat from the reactor and Free
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Piston Stirling Engine system is about 1000K. Current heat elimination
systems for designed space reactor systems do not have internal means of
dissipating waste heat. Further study must be done into areas in which a
reactor with power systems can fully utilize such a system ol a space vehicle

such as the Waverider (Merrigan).

FREE PISTON
STIRLING
ENGINES

WAVERIDER OUTER
UO2 REACTOR N> . " SKIN
SHIELDING o

WASTE HEAT
PIPES

USEFUL HEAT FOR
CREW ENVIRONMENT

Figure 111.2.3.1.1-1: Waste Heat Piping System

To examine radiation shielding and radiation transport, thermal analysis of
radiation shielding for a system similar to the SP-100 reactor system was
performed using Finite Element codes. These codes were developed at the
University of New Mexico and Sandia National Laboratories for fast a reactor
operating 1.66 Mw. Shielding consisted of tungsten and lithium hydride
pressed into a stainless steel honeycomb matrix as shown in Figure 111.2.3.1.1-
2. A shield design of graphite, depleted lithium hydride, tungsten and
natural lithium hydride was shown to satisfy neutron and gamma fluence
requirements. Temperature limits also minimize cracking in the lithium
hydride portion of the shield (Barrattino et al, Reference 6).
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Figure I11.2.3.1.1-2: Shielding Configuration for Waverider UO; Reactor

The lithium hydride (depleted) with tungsten and lithium (natural) shield
appeared to be the best selection when considering both radiation protection
and maximum temperature constraints. The importance of the tungsten
location is clear from both a radiation transport and thermal transport
perspective. Radiation transport optimization required that the tungsten be
located 13.4 cm into the shield to minimize effects of secondary gammas
emerging from the shield. Heat transfer optimization required the highly
conductive material to be located in the front portion of the shield to keep
LiH temperatures within tolerable limits (Barattino et al, Reference 6).

I11.2.3.1.2 Power Conversion System Comparisons

1. Thermoelectrics

Thermoelectrics is simple heat generation transported by heat pipes. The
thermoelectric modules are situated between (hot side) reactor and space side
(cold side). A disadvantage is the low conversion rates, which in turn increase
the reactor size and thermoelectric modules. This leads to more shielding and

heat pipes for dissipation pipes (El-Genk, Reference 22).

2. AMTEC (Alkali Metal Thermoelectric Conversion)
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AMTEC uses unique beta alumina electrolyte (BASE) within a closed vessel
divided into a high temperature and high pressure region in contact with a
heat source and low temperature and low pressure region in contact with a
heat sink separated by BASE. Progress has developed significantly in recent
years although maintenance on the system is a constant problem. This system
was not chosen due to this fact (El-Genk).

3. Rankine Cycle

Rankine engine cycles use a nuclear reactor and heat exchanger to boil
working fluid. This working fluid is converted to vapor, which expands
through a turbine. The turbine is linked to an alternator, which generates
electrical power. The Rankine engine was rejected because (1)
turbine/alternator lifetime is not long enough without maintenance, (2)
methods are needed to control condensation near turbine exit,

(3) separation of flow occurs in zero-g environment, (4) corrosion of turbine
results from the fluid (liquid-metal), and (5) thaw-out of liquid occurs during
start-up and restart. (El-Genk)

4. Brayton Cycle

The Brayton Cycle is a closed or open inert gas cycle. Gas is heated in a reactor
core directly or through a heat exchanger. High temperature and high
pressure gas expands in the turbine/alternator unit. The turbine rotates a
compressor, and compressed gas runs an alternator to generate electricity. The
cooled gas returns to cycle again. Reasons for rejection of this system are (1)
the specific radiator area is large and not suited to the Waverider
configuration, (2) material problems are associated with creep in turbine
blades, (3) high temperature is required for the working fluid, and (4) the
system has low efficiency. (El-Genk)

5. Thermonics

In thermonics a core composed of an emitter or cathode, surrounds a fuel
column from which it receives heat and emits electrons. A collector or anode
collects the electrons. The collector is cooled by pumped liquid-metal coolant
to limit back emission of electrons. Reasons for rejection are (1) low
conversion efficiency, (2) high temperature of the core (1800-2000K), (3)
material difficulties at high temperatures, (4) premature failure of thermonics
fuel elements undergoing irradiation at high temperatures. (El-Genk)

6. Free Piston Stirling Engine
The free piston stirling engine shown in Figures 111.2.3.1.2-1 and -2 is a

thermal-mechanical-electrical energy conversion system. It uses a linear
alternator. By damped oscillation of two opposing pistons, one supplies the
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other power. The working fluid is heated and cooled by the heat exchanger,
linked to the reactor core coolant and radiator system. Conversion
efficiencies have been as high as 30%. Free piston stirling engines do not
require a high heat source. A UO2 fueled reactor will be the source of heat,
without concern for the.fuel swelling limit of 10%. Free piston stirling
engines have the smallest specific mass (29 Kg/KW) of all systems. High
performance, long life, and low vibration are due to the design consisting of
only two moving parts. A small disadvantage is the extended heat transfer
surfaces, although most of the upper surface of the Waverider can be utilized
for this process (El-Genk).

SHELDING

THERMOELECTIC @ FREE PISTON STIRLING
EM PUMPS ENGINES

UO2 REACTOR

SHIELDING

WAVERIDER SURFACE

Figure I11.2.3.1.2-2: Free-Piston Stirling Engine

A comparison of the above systems is given in Figure 111.2.3.1.2-3.
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POWER SYSTEMS

POWER SECONDARY WEIGHT VOLUME
VEHICLE o
SYSTEM OUTPUT SYSTEM (Kg) (M3)
UO2 REACTOR
WAVERIDER |4 FREE PISTON 1000 KW REGENERATIVE 12000 24
STIRLING ENGINES FUEL-CELLS
BI-MODAL
CARGO-SHIP POWER FROM 50-100 KW SOLAR PANEL 2000 15
BOOSTER ENGINE
REGENERATIVE
LANDER FUEL-CELLS WITH 25-30 KW Ni-H2 1200 5
GaAs SOLAR BATTERIES
ARRAY
ASCENT Ni-H2 5-7KW 300 3
BATTERIES

Figure I11.2.3.1.2-3: Power Systems

I11.2.4 Guidance and Control

(Kraft)

The interfaces of the primary components of the WOPM and LLVM guidance
systems are shown in Figure II1.2.4-1.
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Figure I1.2.4-1: Guidance and Control System

(Lander guidance interfaces and components differ somewhat from those of
the total LLVM and are discussed in Section I11.3.2.4.) This section describes
the design of these primary components, the sensors, the Inertial
Measurement System (IMS), the Guidance Computer (GC), and the Control
System. The design philosophy for the M3 guidance system has been to select
components, where possible, of the latest, most capable version of a proven
system, man-rated where necessary, and to be flight proven prior to the next
century.

The WOPM Guidance and Control System must operate in a number of
different modes. These modes are described in Figure II1.2.4-2. The most
critical modes, from the guidance and control, are the aeromaneuvers at
Venus and Mars and the corrective attitude and velocity maneuvers made for
the approaches to the aeromaneuvers. For pure drag capture, i.e. capture
without large propulsive maneuvers, the flight path in the entry corridor
must be controlled to less than 0.3 degrees (Cross, Reference 18). This accuracy
requires precision optical sensors and IMS components.
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Waverider Guidance Modes

Mode Periods sSensors ntrol
Thrust Vector Burn to IMS (gyro Chemical,
Control Depart LEO rates, accel.) ACS Primary
Celestial Cruise Earth/Mars Sun SGCMG

Transfer Star Target Servo
Mars Orbit
Celestial Guided Update Guidance IMS SGCMG
Prep. correction Sun, Star ACS Secondary
Velocity Midcourse IMS ACS Primary
Correction Maneuver
Sun/Star Update Guidance IMS SGCMG
Acquistion Sun,Star
Aeromaneuver Venus, Mars, Earth IMS ACS Primary
Encounters Limb, Sun

Figure II1.2.4-2: Waverider Guidance Modes
II1.2.4.1 Star, Limb, and Sun Sensors

I11.2.4.1.1 Sun Sensors

The sun sensor chosen for this mission is the 4 Pi Steradian Sun Sensor

(4T1SS), a static digital sun sensor which measures the 2-axis position of the
sun in the body frame. Measuring 0.08 x 0.08 x 0.02 m per detector and 0.09 x
0.11x 0.03 m for electronics, it weighs 1.6 kg, has a resolution of 0.5°, and

requires 0.75 Watts of power for operation. There will be three 4I1SSs on the
WOPM. Each will be a redundant system, and the system will be validated by
periodic checks by the GC and the star tracker. These checks are performed by
comparing the sun-sensor-measured sun vector with a value propagated via
body rate estimates from the last valid sun sensor measurement. If the new
value differs significantly from the propagated value, the backup sun-sensor
is checked. If the backup measurement is close to the propagated value, it is
chosen and the process repeats. If neither measurement is close to the
propagated value, both sensors are ignored until the next reading is taken by
the primary sensor, and the process continues (Cheng and Tracy, Reference
15).

In addition to the redundancy of the system itself, the sensors will be

packaged as orbital replacement units (ORUs), which will allow the LLVM
sensors to be removed and kept as spares for the WOPM return voyage.
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The 4TSS was chosen over other models because it is the most advanced sun
sensor currently being developed. It will be flown on the Mars Observer
spacecraft in the early 1990's; therefore, it will have been flight tested before

use on the M3 mission.
[11.2.4.1.2 Star Sensors

The star sensors chosen for this mission are the ASTROS II sensors. The
ASTROS II is an upgrade of the ASTROS 1 tracker, which was flown on the
STS in 1989. The ASTROS I will be flight proven on the Mariner Mark II
(MMII) missions during the 1990's. The reasons for the choice of the system
(Dennison) are as follows:

1. Capability to track several stars at once for attitude reference

2. Capability to follow rapidly moving, time varying, extended
targets during a close flyby or rendezvous

3. Capability to determine the limb position and orientation of a
nearby target

4. Capability to develop image data for ground-based target searches
during target approach

There will be three star tracker systems on the WOPM. A summary of
ASTROS 1I capabilities is presented in Figure M.5.1.1.

I11.2.4.2 Inertial Measurement System

All three vehicles will utilize Inertial Measurement Systems to control fine
attitude adjustments. The system for the WOPM will consist of six 64
PMRIGs (Permanent Magnet Rate Integrating Gyros). The 64 PMRIG is a
spinning wheel set in a cylindrical case which floats in a viscous fluid in a
hollow cylindrical case. An electro magnetic suspension system cen