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DEDICATION

We respectfully dedicate this Proceedings Volume to Mr. Melvin J. Hartmann
of NASA's Lewis Research Center who retired on July 3 after 46

years of outstanding service to NACA and NASA. Mr. Hartmann’s
significant technical contributions include advances in both air breathing
and rocket propulsion systems, strengthening basic research at Lewis
Research Center, and providing a major interface to university based
research in the aeronautics and space programes.

FOREWORD
The Program

The NASA/USRA University Advanced Design Program is a unique
Dprogram that brings together NASA engineers, students, and faculty from
United States engineering schools by integrating current and future NASA
space/aeronautics engineering design projects into the university
curriculum. The Program was conceived in the fall of 1984 as a pilot
Droject to foster engineering design education in the universities and to
supplement NASA's in-bouse efforis in advanced planning for space and
aeronautics design. Nine universities and five NASA centers participated in
the first year of the pilot Droject. Close cooperation between the NASA
centers and the universities, the careful selection of design topics, and the
enthusiasm of the students bas resulted in a very successful program that
now includes forty-three universities and eight NASA centers.

The study topics cover a broad range of potential space and aeronautics
Drojects that could be undertaken during a 20-30-year period beginning
with the deployment of the Space Station Freedom scheduled for the mid-
1990s. Both manned and unmanned endeavors are embraced, and the
systems approach to the design problem is empbasized. The student teams
Dpursue the chosen problem during their senior year in a one- or two-
semester capstone design course and submit a comprebensive written
report at the conclusion of the project. Finally, student representatives
Jrom each of the universities summarize their work in oral presentations
at the annual Summer Conference, beld at one of the NASA centers and
attended by the university faculty, NASA and USRA personnel, and
aerospace industry representatives.

The Proceedings Volume

As the Advanced Design Program bas grown in size, it bas also matured
in terms of the quality of the student projects. The comprebensive final
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reports are distributed through the National Technical Information
Service. However, the resulls of the studies reach only a small audience,
principally those who attend the Summer Conference. In order to broaden
the distribution, a Proceedings volume, which summarizes the project
results and roughly parallels the Conference presentations, is published.
The present volume represents the student work accomplished during the
1989-90 academic year and reported at the Gth Annual Summer
Conference bosted by the Lewis Research Center, June 11-15, 1990.
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Dpeople. First of all, we are grateful to the students, the university faculty,
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Opening Remarks

It is a pleasure to take part in the opening session of the University Advanced
Design Program Summer Conference.

Over the next several days, we will be reviewing the design concepts developed by
the teams and classes involved in the program. Reviews, critiques, and evaluations are
a continuing and necessary step in the design and development of advanced aero-
space systems. It occurs to me that some of you, having contributed to your team’s
efforts, may feel that the task is completed. It is only completed to a level where the
concepts can be reviewed and further needs and the course of the design and devel-
opment can be defined.

In the aerospace and similar technical areas, the design process blends neatly into
the development and application phase. It is necessary to pass through a series of
review steps along the way. Design changes and modifications along with critical
reviews may be expected to continue throughout the uscful life of aerospace systems.
This is the process that is used to continue to update and bring new knowledge and
capability to extend the systems’ useful life. If this does not occur, it is probable that
the design was too conservative to result in a profitable venture.

The greatest challenge to engineers engaged in design is the need to be continu-
ously aware of advances that may provide increased capability. This new knowledge
must be verified and applied to improved design and analysis methods and reduced
to engineering practice as quickly as possible. To provide competitive designs, it is
necessary that the latest information be available to the designers as well as the
reviewer.

The personnel of the Lewis Research Center are pleased to host this conference
and are glad that so many of you have journeyed to the North Coast to attend.

—Mel Hartmann
NASA Lewis Research Center
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KEYNOTE ADDRESS

It’s good to be here in the backyard of the Lewis Research Center and away from
that piece of real estate on the Potomac otherwise known as Washington—the city of
southern efficiency and northern charm. As an alumnus of the center, Lewis will
always be a special place for me, and I still look back with fond memories of the years
I spent here.

These are the best of times and the worst of times. In the next few minutes, I hope
to persuade you that they are mostly the best of times. There is no doubt that we are
facing the most dramatic change in the aerospace and defense business in 50 years.

The defense budget will continue its already four-year decline coming off the
Reagan build-up. A complete reexamination of our national defense strategy of the
last 40 years, following the dramatic events in Eastern Europe and the Soviet Union,
will result in a major realignment and consolidation of the defense and aerospace
industrial base. It’s a lot different building up than building down. Trying to grow
business in a declining market really sharpens your management skills. But the
winners in this shakedown will be profitable. Change brings uncertainty and
uncertainty carries with it risk; but with risk comes reward.

hat does it mean for acrospace in particular? First of all, there will not be

‘ x / a peace dividend. But the space program will prosper, for NASA and

defense, as compliance with new treaties must be verified largely from
space national technical means. There is some argument that because defense
budgets will decline, we should invest more in space to maintain a strong industrial
base, but that downplays the importance of a U.S. space program —makes it sound
like a space welfare program. The real reason space exploration will be supported is
because the American people want it. They understand what the Congress will
eventually realize, that the space program lets the country express its will to achieve
great things and to satisfy an innate human desire to explore and learn, while at the
same time infusing some of the skills and tools required to rekindie our industrial
productivity.
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I can be even more bullish on the prospects for design engineering, as companies
like mine recognize how important good design engineers are. I hold the view that
design is critical to our future for several reasons.

First, because we are often dealing with space systems that cannot be adequately
tested, we must rely heavily on design getting it right. The national acrospace plane is
a good example; much of the design can’t be tested as a system before the flight
article. The shuttle is another example; the first test of the full orbiter system was the
piloted landing tests and the first test of the complete system occurred on its maiden
launch to space. That is trusting design, albeit with lots of subsystem tests.

Second, design, coupled with manufacturing in concurrent engineering, is what
lets us build in quality and improve productivity. Since World War II, we have
approached product development like a relay race. Research and marketing comes up
with an idea, hands it off to design, and they may develop a couple of hand-built
prototypes to prove the soundness of the concept, and then it’s thrown over to
manufacturing to figure out how to build it. The first thing they do is send it back to
engineering for changes, and on and on . . . you know the story.

ur problem in this country isn’t a lack of technology and innovative ideas;
O it’s getting products to the market on time. It just takes too long to get an

idea from laboratory to field. In the US., we typically invest 2/3 of the cost
of development on product and 1/3 on process. It is just the reverse in Japan.

But we’re changing all that, right? We know that the walls between design and
manufacturing need to be torn down. That’s the social part of the fix and middle
management is feeling threatened—you can actually get rid of a layer of management
when you get teams of design, software, hardware, purchasing, manufacturing, and
ficld support, all together and empower the people to make decisions. The other
thing that has made concurrent engineering possible is the computer and
information management systems that let all the functions talk to each other in a
common medium.

At Martin Marietta, like our sister companies in the aerospace business, the change
in culture is dramatic and the results are incredible.

While design is a small part of the product development effort, it has the major
impact on cost.

Cost Incurred Total Cost Committed
Concept definition <5% >S0%
Design engincer <10% >70%
Testingf 10% >85%
Process planning 15% >90%

Production >00% 95-100%




Through each phase, cost of a design change increases an order of magnitude, so
the same design change that would cost, say, $100 in concept definition, would cost
$1M to change in production.

Bringing design and manufacturing together, along with purchasing and the
vendors and subcontractors, also has a major impact on time and quality. Our
experience, again, like others, is that:

Development time is reduced by more than 50%; engineering changes are reduced
by more than 70%; the time it takes to get a product to market is cut in half; and we
gain quality improvement with almost no end in sight.

Quality means continuous improvement, and quality, built-in, costs less. For a long
time that was counterintuitive. Augustine‘s' law of “counterproductivity” is proven
over and over again:

“It costs a lot of money to build bad products.”

It costs a lot less to do it right the first time, one time.

When you cut through all the rhetoric, the real issues are (1) time to market and
(2) quality . . . plus flexibility in responding to changing customers needs and market
forces. If you do everything else right, cost takes care of itself.

We’ve been talking about product development, but let’s look at the Washington
end of the process for a minute. I use that as a euphemism to refer to the front end of
the process of fielding an idea—the planning, budgeting, and acquisition process—
when the government is the customer.

1 have earned some license to be critical, because I've been there.

It has long been recognized in Washington that the formation of a committee is a
powerful technique for avoiding responsibility, deferring difficult decisions, and
averting blame while at the same time maintaining a semblance of action.

Kelly Johnson, who built the legacy of the Lockheed Skunk Works had a particular
disdain for committees. He described it in the following way: “We're into an era
where a committee designs airplanes. You never do anything totally stupid, you never
do anything totally bright. You get an average wrong answer.”

At Martin, I just formed a committee to deal with an issue so important that we've
had meetings every other Friday for two consecutive weeks. Norm [Augustine| really
believes in one of his other laws: “The optimum committee has no members . .. or
maybe one . .. or at most three as long as one is absent and another is sick.”

Congress has carried it to an extreme. They even have a2 committee on committees.
Not only do we need to reduce the time to get things through the factory, we need
to give some attention to reducing the time it takes to get programs through the
budget and procurement cycle.

“Norman R. Augustine, veteran aerospace executive, now Chairman and CEO of
Martin Marietta Corporation.
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last 50 years and plotted the ratio of planning time-to-execution time against

year that full-scale development was initiated. A gradual upward trend in the
1950s and 1960s really began to take off beginning in the 1970s to the point where,
now, we take nearly as long to plan and sell programs as we do to execute them.

Look at Space Station and how long the planning process has taken to move it
through the administration and the congressional budget process. Keeping a program
sold is also a challenge and, the longer the program stretches out, the harder it is.

I'm not even going to hazard a guess on what the planning-to-execution time for a
mission to Mars will be. Special care will have to be taken in laying that program out
to have a series of major accomplishments always before the public to hold their
interest.

I am disturbed by the committee approach to overseeing our space program. The
National Space Council can be an effective deliberative body for sorting out national
priorities, building political consensus, advising the President, and cutting through
the Washington bureaucracy. But, if it tries to sort out the best approach to the space
exploration program and reserves too many decisions for itself instead of turning the
details over to NASA, then I have a problem. We have a civil space agency—the same
one that took us to the Moon 20 years ago. It’s time to give NASA the total
responsibility and the authority to take us back.

Let me turn now to the future. Engineers and scientists, particularly you students in
the audience, will be the ones going back to the Moon and to Mars and you will be
helping to lead us back to being a productive nation, strong economically, and secure
militarily. Only engineering can lead us back—not MBAs, not lawyers, not the service
occupations. Engineers are the doers, and design engineering is where it’s at, as they
say.

We will go back to the Moon to stay and to Mars. Robotics will continue to
provide us with a surrogate presence in the universe. New military systems will have
smart sensors in things that fly, swim, and drive, that allow us to project military force
anywhere in the world. While we will not be in full-rate production on as many new
systems because of the DOD budget decline, we will still upgrade existing systems.
We can expect increased design activity through R&D and pre-production
prototypes. And, when technical breakthroughs occur, we will take those systems to
production to keep our defense modern and provide a credible deterrence. There
will also be more emphasis on simulation, before, and in lieu of, bending metal. We
will become more dependent on advances in communication and intelligent systems
that give us information when we need it, where we need it, and in the form we need
it.

R ecently, 1 looked at most of the major military systems developed over the



Of course these will be challenging times. But again, speaking to the students in
the audience, don’t be discouraged by change. It is exciting and you will affect the
course of that change.

When Alan Shepard blasted off on the first U.S. manned space mission, I was in
high school and decided right then that 1 would be part of the space adventure. Ten
years later, after collecting a few degrees, [ was a green-behind-the-ears rescarch
engineer at Lewis. I no sooner reported to work than the notice of layoffs hit—it was
in the post-Vietnam build-down in defense and this looked like it might be a bummer
of a profession to be in. But just the opposite has been true. It has been, for me, the
most rewarding and exciting career one could imagine. We go through these cycles,
but the engineering profession rides them out, and the long-term trend is always the
same—we need more good engineers.

I went into aerospace engineering and the space program because I wanted to be
part of an enterprise that inspires the human spirit. I am glad to see so many of you
are motivated by the same interest. Looking over the design projects on display, I'd
say the future is in pretty good hands. Thank you and best of luck to all of you.

—Raymond S. Colladay
Vice President, Research and Development
Martin Maréetta Corporation
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FLUID PHASE SEPARATION (FPS) EXPERIMENT FOR FLIGHT ON THE

SHUTTLE IN A GET AWAY SPECIAL (GAS) CANISTER:
DESIGN AND FABRICATION NQ7]-18122

THE UNIVERSITY OF ALABAMA, HUNTSVILLE

The separation of fluid phases in microgravity environments is of importance to environmental control
and life support systems (ECLSS) and materials processing in space. A successful fluid phase separation
experiment will demonstrate a proof of concept for the separation technique and add to the knowledge
base of material behavior. The phase separation experiment will contain 2 premixed fluid that will be
exposed to a microgravity environment. After the phase separation of the compound has occurred, small
samples of each of the species will be taken for analysis on Earth. By correlating the time of separation
and the temperature history of the fluid, it will be possible to chacacterize the process. The phase
separation experiment is totally self-contained, with three levels of containment on all fluids, and provides
all necessary electrical power and control. The controller regulates the temperature of the fluid and
controls data logging and sampling. An astronaut-activated switch will initiate the experiment and an
unmaskable interrupt is provided for shutdown. The experiment has been integrated into space available
on a manifcste%Gr:f Away Special (GAS) experiment, CONCAP 2, part of the Consortium for Materials
Complex Autondnious Payload (CAP) Program, scheduled for STS 42 in April 1991. This document
presents the design and the production of a fluid phase separation experiment for rapid implementation

at low cost.

INTRODUCTION

The separation of fluid phases in microgravity is of interest
for materials processing and long-duration life support systems
in space. On Earth, phase separation occurs due to buoyancy,
but this is not the case in the microgravity environment of
space. Therefore, materials processing relying on the phase
separation of liquid mixtures will not occur in the same way
as on Earth. This difference could be used to advantage to
develop new materials not presently available on Earth.

Fluid phase separation has direct application to current
research concerning new metal alloys produced in micrograv-
ity. To optimize the processing method for the alloys, the
relationships between the different phases of the metal must
be known (i.e., a phase diagram). Microgravity alters the phase
diagram. To construct a new phase diagram, the molten metal
needs to be analyzed while in space. It has been proposed that
a simpler method could use special fluid mixtures to model
the molten metals. This has the advantage that the transition
temperature of phase separation for most fluids is significantly
lower than that of molten metals, so it will be easier to study
the fluids in the laboratory and then correlate the data to the
metals. The result will be a new space-based phase diagram
that can be used to develop stronger, lighter-weight metals,

Another possible application concerns spacecraft thermal
control systems. The heat from components, experiments, and
people must be dissipated from the spacecraft environment.
Present technology utilizes pumped liquid thermal transport
systems for heat exchange. The heat dissipation is controlled
by the mass flow rate of the system, which is determined by

PRECEDING PAGE BLAMK NOT FiLMED

the size of the pump. Large heat dissipation requires large
pumps that use a prohibitively large amount of electrical power
and add significantly to the weight of the spacecraft. A
specialized two-phase (liquid-to-liquid) thermal transport
system could be more efficient in accomplishing this task.
Therefore, understanding the liquid-liquid phase separation
process in space could aid in the design of closed environ-
ments, such as the Space Station and the Mars mission.

A detailed understanding of the separation process is
essential to the application of the fluid phase separation
technology. Preliminary research concerning potential fluid
mixtures and their behavior in space is underway. However,
the fluid phase separation process is a complex interaction
between temperature and microgravity that is not possible to
duplicate in an earthbound laboratory. An experiment is
needed that will characterize the separation process in space
and demonstrate a proof of concept for the fluid phase
separation technique. Since this is a high priority project, it
would be advantageous to fly the experiment as soon as
possible. At the University of Alabama in Huntsville, a fluid
phase separation experiment has been designed that satisfes
all these requirements.

The experiment will record a complete temperature history
of the fluids, along with samples of component species to be
analyzed on Earth. The phase separation experiment is totally
self-contained, with multiple containment levels for all fluids,
and provides all necessary electrical power and control.
Furthermore, the fluid phase separation experiment has a
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unique opportunity to take advantage of space available on a
manifested Get Away Special (GAS) Canister, CONCAP 2,
which is scheduled for STS 42 in April 1991.

This document presents a summary of the design for the
Fluid Phase Separation (FPS) experiment. It includes the
description of the process, design of systems, and outline of
a construction program.

EXPERIMENTAL PROCESS

A mixture of succinonitrile and cyclohexane is of particular
interest. Succinonitrile is a solid at 20°C (room temperature )
and has a vaporization temperature of 85°C. This material is
highly reactive with most metals except for gold and stainless
steel. Plastics and rubber are also reactive, but teflon is not.
Cyclohexane is a liquid at room temperature and has a
vaporization temperature above 120°C. It is an organic solvent
that will dissolve most adhesives. All the materials used to
contain and support the fluids must be carefully selected so
as not to interact with the liquids to produce erroneous results
or jeopardize the saftey of the experiment.

The experiment is a mixture of two fluids that are dormant
both before and during launch. The mixture will not need to
be heated prior to the experiment start-up since the mixture
will contract unitormly upon freezing. Just prior to the second
sleep period, during a time of low activity, each of the fluid
samples will be heated to a predetermined temperature (less
than 90°C) and allowed to stabiliz¢ at that temperature for
four to six hours. The controller will signal the heaters to shut
down and the the system will begin to cool. When the fluid
reaches the transition temperature (a function of composition,
density, and initial temperature ), the phase separation will then
begin, accompanied by a release of heat. This will cause the
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fluid temperature to temporarily stabilize. As phase separation
continues, the fluid temperature will once again begin to fall
and the sampling mechanism will be activated. The temper-
ature of the fluid will be stabilized and maintained constant,
permitting small samples of each of the species to be taken
for analysis on Earth. By correlating the time of separation and
the temperature history of the fluid, it will be possible to
characterize the process. After the sampling is complete, the
experiment will be deactivated for the duration of the space
shuttle mission.

On Earth, differences in density typically drive the separation
process. In microgravity, minimal surface energy will be
controlling the separation. It is anticipated that this will
produce two spherically shaped volumes containing the
different component species. One component will be cotlected
at the center of the fluid container, while the other will be
wrapped around the first, positioned at the edge of the
container. The fluid phase separation experiment will be used
to characterize this process.

DESIGN SUMMARY

The fluid phase separation experiment has a total weight of
11.8 b and a volume of 1105 in*, which is within the initial
payload constraints imposed by CONCAP 2. This value includes
six fluid containers and the support apparatus, the controller,
and power supply. The overall dimensions are 14.5in
(width) X 85 in (height) X< 9.75 in (depth from the mounting
plate). Volume of an individual fluid sample is 0.22 in® and the
complete assembly is 0.81b. The GAS canister is shown in
Fig. 1 with the relative placement of the components within
the GAS Can.

—OUTER CONTAINMENT

INSUL ATION

FLUID CONTAINMENT

[ CONTROLLER
Y BATTERY
i
’ -
. i { OUTER CONTAINMENT IS CUT AWAY TO EXPOSE INTERNAL COMPONENTS.
o —ﬁ,‘L‘ ALL DIMENSIONS ARE IN INCHES
¥ 137 'NTERFACE ECUIPMENT LAEL

Fig. 1. GAS Canister and Fluid Phase Experiment
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The University of Alabama

STRUCTURAL SYSTEM

The structure will support the experiment and isolate the
fluid phase separation experiment from the rest of the GAS
Can. The whole experiment will be contained within this shell
and will allow the liquid containers and sampling mechanism
to be attached to the GAS Can mounting plate.

Several ideas for the shape of the outer shell were
considered. The criteria used to evaluate the proposed shape
included size of the enclosed volume, minimization of the
weight, ease of fabrication, and structural stability. The
dimensions of the GAS canister and the allocated spacce
provided by CONCAP 2 set the maximum dimensions. The
experiment was to be located in the bottom, on one side of
the canister, and have a height of no more than 10in. Later,
the height was further reduced to 8.5 in due to a change in
the primary experiment, CONCAP 2.

It was decided that the volume occupied by the fluid phase
experiment should be large enough to fully contain six fluid
sample containers, a controller, and a battery. Since the
experiment had to be completely isolated from the other
experiments in the GAS canister, there needed to be a
minimum of seams and joints in the outer shell. To maximize
structural stability, the shell nceded to be self-supporting.

The semicylinder was chosen as the best shape for the outer
shell (Fig. 2). The shell will have a length of 14.5in, a height
of 8.5 in, and a depth (measured out from the mounting plate )
of 9.25in. The shell will be formed from 0.031-in, type-304
stainless steel sheet, which is incrt to the chemicals used for
the fluids. By using thin steel, we can maintain the high
strength and minimize the weight. The 304 stainless steel is
casy to form and can be welded to increase the strength of
the shell and provide containment.

To reduce the weight, there is no backplane on the shell.
The containment is maintained by covering the GAS Can
mounting plate with a continuous 3-mm-thick teflon sheet. A
0.125-in-thick teflon O-ring gasket is placed between the outer
shell and the mounting plate to absorb the displacements
induced by thermal and mechanical foads. This will maintain
a tight seal and prevent contamination of the other experi-
ments in the GAS Can.

The shell is held to the mounting plate by 22 #10-24 grade
8 socket head bolts with 0.5-in washers. The bolt material is
A-286 corrosion-resistant steel with an allowable stress of
20 Ksi. The bolts are spaced at 2 in centers around the 0.75-
in flange on the outer shell. Although 22 bolts are not needed
to support the outer shell, they are needed to maintain an
adequate distributed pressure between the teflon gasket and
the mounting plate to ensure a tight seal under launch loads.
This bolt configuration produces a worst-case maximum bolt
stress of 3000 psi, for a factor of safety of 6, under a 10-g load
applied during the launch. The outer shell experiences
maximum stress of 400 psi at launch, which is well below the
yield stress of the stainless steel and should prevent even a
fatigue failure of the outer sheli.

The shell will be penctrated at three points. A D-type
electrical connector is located on the bottom of the sheli to
connect with control cables from the shuttle (located at the
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Fig. 2. Outer Shell and Loading Stresses

bottom of the GAS Can). The connector will huve gold-plated
pins and a teflon gasket on the interior to prevent corrosion
and contamination of the GAS Can. The other two openings
are covered with 7-um teflon filters in a 304 stainless steel
housing. The filters are 25 mm in diameter and have a
maximum pressure of 100 psi at the inlet, with an allowable
pressure difference of S0 psi. This will permit the purging of
the fluid phase separation experiment with nitrogen prior o
launch. Also, these two ports will permit rapid dissipation of
the interior pressure while maintaining containment of the
fluid in the event that the GAS Can is depressurized while in
space. If this were to occur, the fluid would sublime to a solid
and be trapped by the filter while the nitrogen gas could
escape, preventing a rupture of the outer shell

An analysis of displacements showed that deflections of the
large diaphram-like surfaces were acceptable, but a dynamic
analysis showed that the fundamental frequency of vibration
was too low. To improve the dynamic response of the outer
shell, triangular ribs were added to the top, bottom, and side
of the shell. These ribs broke up the arca that could freely
oscillate, and stiffened the surfaces to out-of-plane motion,

FLUID SAMPLING AND SPECIMEN RETRIEVAL SYSTEM

Within the outer shell is the fluid phase separation
experiment The experimental appariatus is composed of three
subsystems: the fluid containers, the sampling mechanism, and
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the structural frame (inner shell). Size and weight restrictions
determined the maximum number of fluid sampling systems
Lo six.

Many materials were considered for the fluid containers.
Due to the unusual corrosive nature of the fluids, stainless
steel, gold, and teflon were the only materials that were
chemically suitable. A material with a low specific gravity was
desired to minimize weight. Furthermore, uniform thermal
conductivity was necessary to transfer heat from the external
heaters into the fluid. Since the external heaters are to be
positioned on the outside of the container, it is essential that
the material have a high melting point. Finally, a high tensile
strength will be needed to withstand the expected loads
during the shuttle flight. All these criteria are met by teflon.

The teflon was machined into the desired geometrical shape.
A 0.75-in-diameter spherical fluid cavity is inside a truncated
con¢ with a nominal wall thickness of 0.25in. A flat
octahedron plate passes through the sphere/cone dividing it
in two hatves. Assembly of the fluid containers is accomplished
using a ferrule-type joint for alignment with six bolts to ensure
an adequate seal. This will also provide the first level of
containment for the fluid. The orientation of the fluid
containers is shown in Fig, 3.

Althoughr a spherical shape both inside and out would be
optimal for heat flow considerations, the exterior sphere is
ditficult to produce. Therefore, a cone was used since it can
be casily machined and still provides a2 minimum of exposed
surface to conduct and radiate heat away from the fluid. The
shupe will produce an cven heat flow through the teflon
container and into the fluid sphere.

Provisions had to be made to fill the spherical cavity of each
sample container after assembly. This problem was remedied
by designing a special fill port that included a stainless steel
tube press fit into the fluid container and sealed at the outside
with 4 removable teflon plug. This permits overfilling of the
spherical cavity so that no air pockets are present within the
sphere.

The teflon container has a maximum tensile strength of
3000 psi. which is strong ¢nough to withstand the increase in
internal pressure created by partial vaporization of the fluid
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Fig. 3. Inner Shell Showing Two Parts and Mounting Plate

within the cavity (an internal pressure of 100 psi). However,
the controller should terminate the heating of the fluid before
this pressure is reached.

Surrounding the fluid containers is the inner stainless steel
shell, which provides the structural support and acts as the
second level of containment. The housing will be fabricated
from the same material as the outer shell discussed earlier and
will also have welded seams. The fluid containers will be
mounted within this housing but separated from the stainless
steel shell by an insulating phenolic pad to minimize heat
transfer away from the fluid spheres. Each of the fluid
containers is attached to the inner shell by four #5-40 socket
head screws threaded 0.375 in into the teflon. Under the worst
loading case at the time of launch, the maximum load
(including the preload) is 84 Ib per screw. This gives a safety
factor of 9 with respect to tear-out, bearing, and shear stresses.

The inner shell is constructed in two parts. A base plate
mounts the shell to the GAS cannister with 12 #10-24 grade
8 socket head screws. The A-286 corrosion-resistant steel used
in the screws has a 20-Ksi allowable tensile stress, which is
four times greater than the maximum stress of 5000 psi that
occurs at launch. The base plate has four flanges that are
normal to the surface of the plate for attachment of the box
containing the fluid spheres.

The box has four sides (open front and back), and is made
slightly larger than the tabs of the base plate. The box is then
bolted to the tabs on the base plate. Stainless steel auts were
spot welded to the base plate to accept the twelve #5-40 A-
2806 steel socket head screws. This was done to permit easier
assembly of the experiment by allowing access to the front and
back of the fluid spheres. To seal the box onto the base plate,
a teflon O-ring gasket fits inside the tabs. To completety seal
the box, the front panel is attached using twelve #5-40 A-286
steel socket head screws and a teflon O-ring gasket. As before,
stainless steel nuts are welded onto the inside edge of the box
to accept the screws. This panel permits access to the spheres
to fill them prior to launch.

The whole structure of the inner box has 1 maximum stress
of 900 psi, which is well below the yield stress of the stainless
steel, and should prevent failure of the inner shell. To stiffen
the inner shell and to provide a rigid plate upon which to
mount the rotary actuators, a stainless steel plate is welded
across the interior of the box. Once all the components are
in place, selected areas inside the box are filled with expanded
polystyrene foam, which helps to dampen vibration and
provides thermal insulation.

The sampling mechanism is composed of two tubes fitted
one inside the other (Fig. 4). The exterior tube is rigidly
mounted across the inside of the fluid sphere. It has two holes
in the wall of the tube positioned such that one is at the center
and the other is near the edge. A rotary actuator will rotate
the inner tube to align the inner two holes with the outer
two and permit diffusion of the fluid species into the inner
tube. After sampling is completed, the inner tube will be
rotated in a reverse direction to seal the samples within the
innermost tube.

The exterior tube is limited to a diameter of approximately
0.050 in to limit the effects of wetting along the tube, which
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Fig. 4. Fluid Container Assembly

would destroy the concentric sphericity of the two fluids as
they separate. To prevent this, the tube has two small disks
or fins on it to keep the one fluid from wetting along the
whole length of the tube. This will ensure that each
component species is sampled.

In order to provide rigidity, precision, and to simplify the
design and construction, the sampling tubes are made from
stainless steel spinal needles, which are modified as needed.
The ends of the needles are closed by a quick touch with a
TIG welder. The rotary actuators have a maximum 40°
rotation, which limits the size of the holes in the tubes to a
diameter of 0.013 in. To make sure that the holes on both
tubes are aligned and free of jagged edges that would disrupt
the fluid flow into the tube, both holes are simultaneously cut
with a file and then the tubes are dipped in nitric acid to
remove burrs.

An interference or press fit is used wherever a teflon to
stainless steel seal occurs. The outer tube pierces the sampling
chamber; the rotary seal between the inner and outer tubes,
and the plug in the inner tube are all examples of an
interference fit. Adequate pressure is maintained at the seal up
to 130°C. This allows for the difference in the thermal
expansions of the two materials.

ENVIRONMENTAL CONTROL SYSTEM

The fluid phase separation requires careful control of the
fluid temperature during the experiment. Conductive and
radiative heat flow will account for the heat transfer within
the GAS Can. The design of the environmental control system
must compensate for the rapidly changing temperatures of the
GAS Can environment while providing enough heat to raise
the fluid temperature above the transition temperature so that
phase separation can occur.

The problem is not one of steady-state conduction but of
time-varying conduction. The orbit (sunlight to darkness every
45 min), periodic turning within orbit, and the attitude of
shuttle within orbit (Earth or space viewing) will influence
o R

s 0oL 3

3

e T \fu :a: 1= -

the ambient GAS Can environment. The environment may vary
from -100° to 20°C. Therefore, the design of the heaters and
the insulation must consider the rate at which heat will be
lost from the fluid so that the cooling time is long enough.
Likewise, the cooling period must not be too long or the
experiment may not be completed within the allotted time.

Initial calculations modeled a fluid heated to 90°C and
cooled to 20°C that is surrounded by a cold environment. The
fluid is a sphere, at a uniform temperature, which is suddenly
immersed in a colder fluid. Surrounding the fluid is a low-
density, high-heat-capacity polystyrene insulative layer. As the
thickness of the insulation layer increases, the cooling time
increases. However, if the ambient environment is too warm,
the cooling time becomes prohibitively long. This means that
the insulation layer must be designed for the warmer
environment and supplemental heating used to stretch the
cooling time in colder environments.

A more detailed model was obtained using SINDA (Systems
Improved Numerical Differencing Analyzer). This computer
program is well-suited to solving lumped parameter represen-
tations of physical problems. The model represents the heat
flow paths as a conductor/capacitor network.

The experiment components were first broken into smaller
clements and assigned a nodal number. The volume and
capacitance of each node was calculated. The nodes are then
linked to reflect conductive and radiation heat flow paths
between all the possible nodes. The final aspect is to assign
boundary nodes to represent the properties of space around
the GAS canister. This computer model is then converted into
executable Fortran code, and run for a predetermined amount
of time or until steady state is reached. The end result is a
complete temperature history of each node as it cools and/
or warms. The temperatures of the fluid were of interest in
the cooling phase, and they were dependent upon the
temperature chosen for the heat sink (space node). From
these tests, the heaters and the layer of insulation were sized
and are shown in Fig. 5.

A polystyrene layer, with nominal thickness of 1 in, will be
affixed to the exterior of the fluid container housing.
Additional insulation can be added within the cylindrical
aluminum container and inside the fluid container housing to
shield individual fluid containers from the other containers.
This will allow customization of individual fluid samples
without affecting the overall performance of the experiment.

Sensors will constantly monitor the temperature of the fluid
and activate the heaters to keep the liquid from freezing. In
orbit, the expected equilibrium GAS Can temperatures are
-100°C during space viewing and - 10°C during Earth viewing,
Due to occasional rotating of the shuttle, the sun may heat
the outside of the GAS Can, which may cause the temperature
within the GAS Can to rise to 20°C. Although the effects of
the extreme cold can be minimized with heaters and
insulation, the warming of the GAS Can will be a problem.
There is no adequate means at our disposal to cool the
experiment if it should get too warm. Because of this, the
thermal heating design was determined for the worst-case
temperatures of -100°C and it is assumed that the insulation
provided will prevent the experiment from warming too much.
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Fig. 5. Thermal Analysis of Cooling Time

Once the experiment begins, the fluid will be heated to a
maximum temperature of 90°C over a 1-hr period and then
maintained at that temperature for Shr. This will require
81 mW/hr or 486 mW total. The fluid will also need to be
cooled slowly, so intermittent heating may be required during
cooling. Once sampling of the two fluid components begins,
the fluid temperature will be stabilized for an additional hour.
This heating load is used to determine the size and number
of heaters required.

The heat flow for a single fluid container is 81 mW/hr over
a 6-hr period. Because there is some thermal lag in transferring
the load, and the heaters should not be in continuous
operation, the heaters had to have a greater output than the
heating load required. It was determined that the heaters
should operate only one-third of the time, which requires
243 mW/hr. With six heaters chosen, the output from a single
heater must be 40.5 mW/hr. Given that the voltage available
from the battery is 6V, the resistance of an individual heater
was calculated to be 0.88 ohms. These requirements can be
met by Thermofoil heaters, each having a diameter of 0.5 in,
with an effective area of 0.15 sq in.

For control and safety, each heater will have a resistance
thermometer laminated within it. The resistance thermometers
(RTDs) increase resistance with temperature, and are
considered to be accurate and stable sensing devices. The RTD
chosen will have cither platinum, nickel, copper, or nickel-iron
elements.

Temperature sensors will also be needed to monitor the
temperature of the sample, as well as the temperature of the
battery. They must have an output range from 0-10 V. For the
sphere, it will be necessary to have a coated sensor that will
resist any type of reaction with the fluid. It must have a
temperature range at least from -50° to 150°C. A teflon-coated
thermocouple with a length of 0.05 in and a time constant of
1 sec has been selected.

CONTROLLER

The controller exccutes three primary functions. Function
one provides active temperature control of six fluid samples
during the experiment cycle. In addition, the temperature of
the experiment battery pack will be regulated to maintain
optimum battery output throughout the experiment cycle.
Function two is the independent timing and control of each
of the sample actuators once the phase transition is reached.
Function three is the data logging in nonvolatile memory of
experiment temperatures for the duration of the experiment’s
operation. Finally, the controller will monitor safety and
control power for the experiment.

The control and data logging requirements for the Fluid
Phase Separation Experiment are relatively simple. The
requirements fall into four catagories. These catagories
constitute the logical division of work for the controller.

Category one is data storage. The nonvolatile electrically
erasable and programmable memory (EEPROM) requirements
are driven by the number of temperatures stored multiplied
by the sample rate, multiplied by the experiment total
operating time. A three-day experiment cycle time will
generate 30,240 bytes that need to be stored.

Category two is active temperature control. The active
control for temperature requires 13 separate temperature
inputs, 2 each from each of the 6 fluid specimens plus 1 from
the battery. In addition, there are seven temperature control
outputs, one for each of the six experiments plus one output
for the battery.

Category three is the control of the experiment actuators.
There are six one-bit control outputs for the actuation of the
experiment sample mechanisms. The timing for the sample
mechanisms will be controlled by the temperature inputs from
the experiments themselves. A minimum time delay between
sample actuation will be used to prevent overloading of the
batteries.

Category four covers the general control requirements. This
includes the input from the GCD switch actuated by an
astronaut to begin and end the experiment. If there is an
indication that the battery charge is low (voltage is less than
4.75V for an extended period), a nonmaskable interrupt will
be sent to the controller to shut itself off. This is done for
safety since this is the minimum reliable operating voltage for
TTL digital logic. Also, a software timer will be monitored by
the processor to indicate that the controller is operating the
experiment properly. If the experiment does not seem to be
progressing (the fluid is not cooling, etc.), another nonmas-
kable interrupt will be sent to shut off that portion of the
experiment. Furthermore, if any of the heaters should fail in
the “on” position, the controller would tum itself off to
prevent thermal runaway.

To permit speed in construction and ensure certification for
flight, the controller will be a modification of NSC 800
controller from the GAS Explorer Program. To test the logical
sections and permit integration of the experiment and
controller, simulated mission tests will be performed at the
University of Alabama in Huntsville.
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POWER SUPPLY

A power supply is needed to provide power to various
systems in the experiment: sample actuators, fluid heaters,
battery heater, data acquisition and storage, and the experi-
ment controller. Collectively, these systems require
3.2amphours for a 60-hr experiment duration. A 6-V, 5-
amphour Gates lead-acid monobloc battery, 5.47in long,
2.11in wide, and 3.02in high will provide the necessary
electrical power. The battery weighs 2.43 Ib, is self-contained
in a flame-retardant material and is flight qualified.

SAFETY

Safety has been of primary concern throughout the design
process for the experiment. The potential hazards concerning
possible collision, corrosion, explosion, and fire were
identified. Each was carefully examined and a detailed
description of the hazard, hazard causes, and hazard controls
are presented. All the safety requirements are referenced from
NSTS 1700.7B, "Safety Policy and Requirements for Payloads
Using the Space Transportation System.” See Fig. 6 for a
condensed description of identified hazards and means to deal
with them.

Collision is of paramount concern for any experiment on
board the space shuttle. Because of structural failure, damage
could occur to surrounding experiments or to the shuttle
itself. The result could be a loss of control or even the ability
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Fig. 6. NASA Safety Regulations and Identified Hazards

of the shuttle to stay in orbit. The ultimate hazard would be
penetration of the crew compartment, placing the safety of the
astronauts in jeopardy. To prevent these hazards from
occurring, a factor of safety of 1.4 was applied to all structural
design. Furthermore, close inspection of all assemblies for
quality of materials and workmanship will reduce the potential
for material failure. The applicable NASA safety requirements
concerning collision (206, 208.1, 208.2, and 208.3) have been
met.

Damage of the fluid containment vessels caused by sudden
expansion of the sample fluid, collision, or a fire could result
in the release of some corrosive material. If the fluid comes
in contact with metal, the reaction may weaken the metal and
cause the component to fail. To prevent this hazard, the
experiment is sclf-contained with three levels of containment
surrounding the experimental fluid. This containment will
protect the surrounding experiments by minimizing the spread
of shrapnel and corrosive material if a structural failure occurs.
These measures fulfill the safety regulations concerning
corrosion (206 and 209.1).

Overheating of the battery due to heater runaway, polarity
reversal, or short circuit could cause the battery to explode.
The battery explosion could spread corrosive material and
shrapnel throughout the GAS Can. This is prevented by using
a sealed, flight-qualified battery along with a bus board to
prevent short circuits. Finally, a pure nitrogen environment
around the experiment will deprive a fire of the oxygen
necessary to burn. Nonflammable elements will be used near
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connections and all wiring and heaters will be properly
inspected. The design is in line with the NASA safety
regulations for explosion and fire (206, 213.1, and 213.2).

PROJECT MANAGEMENT

The design has emphasized the use of prefabricated
components whenever possible to quicken the procurement
and assembly of the experiment. The delivery of the battery
will be set for August so that the battery is not over six months
old at the time of launch. The acquisition of the controller
is paramount to assembly of the experiment. Adequate time
is needed to modify and test the controller.

The project was designed and assembled by engineering
students at the University of Alabama in Huntsville. The fall
1989 Senior Student Design class (ME 465) was the nucleus
of the design team. The students were responsible for
generating all the necessary design documentation. They will
also serve as the trunsition to the construction phase of the
experiment. Construction has begun, with anticipated
completion by August 1990. The current work is done by
students enrolled in a “Special Topics Class: Advanced Space
Systems Design.”

The planned schedule for the construction of the fluid phase
separation experiment is a fast-paced program to permit
complete integration of the experiment into CONCAP 2. The
development of the phase separation experiment must meet
the existing time schedule for CONCAP 2. In the event that
the phase separation experiment fails to meet any of the
established requirements, it will be divorced from the
CONCAP 2 project.

Figure 7 shows the revised time schedule for the phase
separation experiment. [t is anticipated that CONCAP 2 will fly
on the GAS Bridge on STS 42, scheduled for April 1990.

- Optimized design for the FPS Experiment (began
preliminary design September, 1989 and finished design
May, 1990)

- Use fast track method for fabrication of flight hardware
(anticipate completion by July, 1990)

V77—

- Begin testing and qualifying, summer of 1990
- Integration of experiment into GAS can by Sepetember, 1990
- Delivery to NASA in November, 1990

- Fly on STS42 in April, 1991

Fig. 7. Time Schedule for Project

CONCLUSION

The fluid phase separation experiment will characterize the
liquid-liquid phase separation process in a microgravity
environment. The experiment allows six samples of fluid to
be monitored for three days while in orbit. The system will
record temperature data and obtain samples of the component
species for analysis on Earth. The data will be analyzed to
produce a phase relationship or phase diagram for the fluid
mixture. Ultimately, it will add to the knowledge base of
material processing and provide information for the design of
long-duration life support systems.

The current status of the project is that construction and
asscmbly are underway. It is anticipated that the experiment
will be ready for integration into CONCAP2 by July, and
therefore has an excellent chance of flying onboard the shutde
in April 1990.



p i,
N91-18123 "

AUTONOMOUS SPACE PROCESSOR FOR ORBITAL DEBRIS

UNIVERSITY OF ARIZONA

This work continues to develop advanced designs toward the ultimate goal of a GETAWAY special to
demonstrate economical removal of orbital debris using local resources in orbit. The fundamental
technical feasibility was demonstrated in 1988 through theoretical calculations, quantitative computer
animation, a solar focal point cutter, a robotic arm design, and a subscale model. Last year improvements
were made to the solar cutter and the robotic arm. Also performed last year was a mission analysis that
showed the feasibility of retrieving at least four large (>1500-kg) pieces of debris. Advances made during
this reporting period are the incorporation of digital control with the existing placement arm, the
development of a2 new robotic manipulator arm, and the study of debris spin attenuation. These advances

are discussed here.

INTRODUCTION

We can hardly improve upon the lucid descriptions of the
orbital debris issue by science writers(’*#) and other popular
news media coverage>). Without doubt, the problems of
orbital debris have grown to be of serious concern to
astronomers, space technologists, and to terrestrial dwellers.
The specific problems were presented at the 39th IAF
Congress. The University of Arizona Space Engincering Design
team is developing the design for economical removal of the
larger debris pieces through local resource utilization. The
fundamental idea is to concentrate solar energy into a point
focus, cut the debris into precise shapes that can be added
on to the “sweeper” craft, and robotically assemble the pieces
into a manageable configuration. This is followed by one of
three disposal modes: (1)retrieval by a spacecraft (STS,
HERMES, BURAN, etc.), (2)precise ocean splashdown, or
(3) planned burnup upon atmospheric reentry. The fundamen-
tal space technologies to be demonstrated are solar cutting of
candidate space debris materials, robotic assembly, and
accurate disposal. In 1988 the University of Arizona began
participation in the USRA program and demonstrated solar
cutting and a subscale model robotic arm. In 1989, a full-scale
robotic arm with manual controls was developed and the solar
cutter/robotic arm assembly was shown to be technically
feasible. Also in 1989, a mission analysis was performed in
which the large debris environment was identified and a four-
debris retrieval sample mission analysis showed the propellant
requirements to be well within reason. This year, 1990, the
existing robotic arm was converted to digital control using an
IBM PC, a second robotic arm was developed for precise pick
and place operations, and the problem of debris tumbling was
addressed and various detumbling methods were investigated.
This report is a summary of the work and explains the details
of space engineering.

Consistent with the USRA philosophy, new undergraduate
students were involved in the design process. This year, 11
new students were involved in the Autonomous Space
Processor for Orbital Debris (ASPOD) design. The project
continues to draw worldwide attention including correspon-
dence with elementary and high schools.

DEBRIS SPIN ATTENUATION

The purpose of this project was to research and recommend
methods of attenuating the rotational spin of orbital debris so
that an ASPOD satellite can safely grasp them for retrieval. To
avoid possible damage to the ASPOD craft, only passive means
of attenuation were investigated. The use of passive means is
defined as the use of methods of attenuation that do not
involve ASPOD in direct contact with space debris, thereby
endangering it. Some of the design criteria and target
specifications are (1) attenuate the rotation of an object
spinning about one axis; ( 2) attenuate the rotation of an object
having a mass of up to 2000 kg and rotating with rotational
speeds of up to 50 rpm; (3) attenuate the rotation of an object
up to 7m in diameter and up to 7m in height; (4)use a
minimal amount of energy; (5) attenuate at least four objects
per mission; (6)require no maintenance; (7)must not
interfere with the normal operation of other functional
satellites; (8) must not create more debris; (9) must weigh
less than about 5001b; and (10)must have a reasonabic
expense relative to the space industry.

Satellites and most other space debris generally contain a
certain amount of rotational energy. The problem of dealing
with the rotation of a large, nonsymmetric object containing
a lot of mass orbiting the Earth must be solved before the
satellites can be safely and effectively collected.

A workable solution dealing with debris capture must alfow
the rotational energy of the debris to be contained or
dissipated without transferring it to the collector satellite. The
space debris that is proposed for collection is often very
massive, 2000kg or more, with spin rates of up to 50 rpm.
These figures suggest that there can be quite a bit of angular
momentum involved.

SOLUTIONS

As a first step, various attenuation methods were researched
and evaluated. Of all the methods investigated, four were
chosen as possible solutions and merited further analysis. Each
of these four solutions uses a different physical principle (for
example, conservation of angular momentum or conservation
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of cnergy) o accomplish the attenuation of the satellite.
Although cach of the four designs merits further investigation,
for the present the most promising of the four was singled
out for detailed analysis and testing,

Reeled weight mechanism. The physical principle used in
this method is to translate the rotational cnergy into lincar
kinctic energy. then into potential energy. This design uses a
recled cable capable of attaching itself to the debris by the
cable’s free end. Also contained in the reel mechanism is a
generator allowing the cable to reel out, turning permanent
magnets around a stationary armature and storing that energy
in a battery. This generator can then act as a motor by turning
the stored energy in shaft power, allowing the cable to be
reeled in. Once the free end of the cable is attached to the
debris in its plane of rotation, the reel is then allowed to freely
move away from the debris due to centrifugal acceleration, yet
is still tethered by the cable. The reel will move away in a
straight path while the debris continues to spin, and the
attachment point of the cable on the debris will rotate with
the debris, wrapping a portion of the cable around the debris.
At this time the reel will create a drag force on the cable by
engaging the generator and then storing that energy. Due to
the centripetal force of the reel attached to the much more
massive picce of debris, the reel will attempt to move into a
radial position about the debris' center of mass. Before it
comes near this point some of the stored energy will be used
to reel the reel mechanism back into the debris, at which point
the process will start over. Some of the advantages to this
system are the ease of attachment to essentially any shape of
debris and the relative simplicity of the mechanism. Some of
the problems are the difficulty in analysis and testing of the
system and the chance of the cable becoming permanently
entangled in protrusions on the debris.

Coiled spring mechanism. Figure 1 presents the pro-
posed configuration for the coiled spring mechanism. This
proposed mechanism consists of a component for attaching to
the debris, @ ratchet, a coiled spring, and a stabilizer. The idea
behind this solution is to absorb the rotational energy of the
debris and store it in a coiled spring as potential energy. The
purpose of the ratchet is to act as a locking mechanism for
the spring when it winds up completely. Winding up the
spring, though, necessitates the use of a stabilizer to hold the
other end of the spring fixed. A stabilizer is thought of as a
servo-controlled gyroscopic platform where gyroscopes are to
be used only as sensors. The resolver (the “brain” of the
control system) will be continually feeding corrections
through the feedback controlled loop o keep the attachment
to the platform fixed in space. The greatest advantage of this
process is that it can attenuate the rotation of the debris
quickly. ie. within minutes. Furthermore, the attenuation of
the debris is complete { 100 ). The disadvantages of this idea
are the requirements for powering the gyroscopic sensors and
lubricating the ratchet. Another more important problem  is
that the ASPOD will eventually be involved actively in the
process by powering several thrusters as well as its momentum
wheels. Since this may create safety problems for the vehicle
itself, the idea was abandoned for the time being and our effort
wis concentrated on developing passive means of attenuation.

Cotled
Spring
n. Stabillizer - Platform
Attachment Locking
Mechanism
Rachet

Fig. 1. Coiled Spring Mechanism

Long cable mechanism. For this design there are two
ways in which it could work. One would be 1o fet out a cable
with a mass attached to the end, thereby increasing the
moment of inertia and slowing the satellite down. This would
not allow the satellite to come to a complete stop, but it could
possibly slow the satellite down enough for a robotic arm to
manipulate it. The cable would have to be cut off when
maximum attenuation occurs, preferably so that it would
reenter the Earth’s atmosphere, because once the robotic arm
attached to the satellite, the cable would reel in uncontrollably
due to the momentum of the cable. The other method would
be to leave the cable on for an extended amount of time and
allow the gravity gradient to slow the satellite to a complete
stop. The satellite could then be grabbed and the cable reeled
in since the rotation of the satellite would be fully attenuated.
Figure 2 shows a representation of this method.

4w

L2

EARTH

Fig. 2. Long Cable Configuration
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Geared-bar mechanism. The geared-bar mechanism is the
solution selected by the attenuation research group for further
development and is detailed below.

Geared-bar Mechanism

Theory of operation. A representation of the gear bar can
be seen in Fig. 3. The centrifugal acceleration acting on the
flywheel forces the flywheel radially outward to the end of the
geared bar. If the geared bar were smooth, the flywheel would
just translate outward without spinning; however, the contact
forces between the gear and the bar apply a torque about the
center of the gear, forcing the flywheel to spin as well as
translate. Mathematical analysis and experimentation show that
as the angular rotation of the flywheel increases, the angular
rotation of the debris decreases. A ratcheting mechanism is
attached to the system so that when the flywheel reaches the
end of the bar the flywheel will continue to rotate freely.

The effectiveness of our design depends on the length of
the geared bar and the mass moment of inertia of the flywheel.
It could happen that the configuration necessary to achieve an
adequate amount of attenuation would be unfeasible to take
into space due to the size and/or mass of the flywheel and
the length of the bar. If this is shown to be true it should
be possible to attach a motor to the flywheel and “reel” the
flywheel back in, while the ratchet mechanism allows it to
maintain its angular velocity and let it move out again. This
process could be repeated as many times as necessary.

SATELLITE

FLYWHEEL

GBARED-BAR

Fig. 3. Geared-bar Mechanism
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Design. A rudimentary device was fabricated for experi-
mental purposes. The design that was used included a rubber
wheel and friction bar to simulate the rack and pinion system.
A small cart supporting the flywheel and friction wheel with
a bearing rolled along a track that represented the geared bar.
The friction wheel rolled along a friction bar attached to the
track forcing the flywheel to rotate. The combination of the
flywheel and the cart simulated both the rotation and the
translation of the flywheel. To simulate the ratcheting
mechanism, the friction bar was cut shorter than the track
This allowed the flywheel to rotate freely once it reached the
end of the track. This design was not adaptable to the use of
a motor; however, it was felt that showing that the theory
mechanism would work for one pass was sufficient to show
that this method of attenuation was feasible.

Experiment. Previously, a large model representing space
debris was built for attenuation experimentation purposes.
This model is an octagonal solid approximately 48in in
diameter and 72 in high with a calculated mass moment of
inertia of 655 Ibm ft. The “debris” is attached to the ceiling
and floor with a large metal rod about which it rotates.
Lubricated bearings were used to minimize the frictional
effects.

To gather data, a systematic process had to be developed
to measure the time per revolution. A computer program was
used to record the needed data. A mark was made on the
“debris,” which was then spun up to an appropriate speed.
Each time the mark came into sight, a key was pressed on the
computer. The program would then print the number of
revolutions and measure the time elapsed. With this data, the
program calculated the time between revolutions and
revolutions per minute. Finally, this information was exported
to a spreadsheet program for further analysis and graphing.

To prove the effectiveness of the geared-bar mechanism, it
was necessary to find a way to separate the effects of the
changing mass moment of inertia due to the flywheel
translating outward vs. the effects of the rotational kinetic
energy being transferred to the flywheel. To do this, reference
data had to be taken. These reference data consisted of several
measurements with the flywheel retracted and several with the
flywheel extended. Before measurements could be taken with
the geared-bar mechanism fully operational, one additional
component needed to be added. Because the debris needed
to be brought up to a functioning speed before the flywheel
could be released, it was necessary to develop a release
mechanism so that the flywheel would not begin to move
before the appropriate speed was attained. This was done by
including an eyelet on the flywheel, and passing a pin through
it that could be easily pulled out when nceded without
significantly affecting the speed of the debris.

As stated above, these measurements were taken for each
case: the flywheel retracted, extended, and operational.
Figures 4, 5, and 6 show the relative quality of the measure-
ments for each case and their characteristic curves.

Although the reference data were taken, a standard
procedure to spin up the debris at an equal rpm for each run
was not developed, nor was there a way to measure the energy
added to the system. It was necessary, therefore, to determine
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a method for comparing the data with the three different cases.
Because of limitations with the graphing software used, it was
felt that taking the points at which the debris came to rest
with each case and counting the maximum, common number
of data points backward would be a reasonable method for
developing a common reference. For example, the working
case only included 14 data points, so the last 14 data points
for each case were used.

Figure 7 illustrates the effects between the three different
cases. The line with the flywheel retracted is steep due to the
low relative inertia. The line with the flywheel extended is
flatter and the time of rotation longer due to the effects of
increased mass moment of inertia. If the working case
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Fig. 7. Experimental Comparison

decreased the rotational speed of the debris solely due to the
effects of the changing mass moment of inertia, one would
expect the line for the working case to lie somewhere
between the retracted and extended cases. In fact, the graph
should begin at the approximate point of the retracted case
because of the identical value for the mass moment of inertia
and end near the same point of the extended case because
the same amount of energy should still be in the system. It
was not the group’s goal to “prove” the effects of changing
the mass moment of inertia, but to prove that the flywheel
actually absorbs the energy of the debris. To confirm this, the
graph of the working case should start near the point of the
retracted case and end significantly below the extended case.
The working case line does confirm this hypothesis.

This experiment does not exactly model the case of debris
spinning in space because satellites in space are not pinned,
therefore the center of rotation would change as the flywheel
moves out. The mass of the flywheel could be optimized to
minimize these effects. Nonetheless, this system of attenuation
will still work, because the center of rotation will always lie
between the centers of the debris and the flywheel, maintain-
ing the centrifugal component of acceleration moving the
flywheel outward.

In conclusion, and most importantly, the geared-bar
mechanism of the experimental case does absorb the rotational
energy of a spinning body. For the 3 cases mentioned above,
the time for the last 14 data points is 253 sec for the retracted
case, 400 sec for the extended case, and 59 sec for the working
case. The above experiment also proves that the attenuation
is not solely due to the change in mass moment of inertia,
but actually performs a significant amount of energy transfer.

Computer modeling. In order to investigate the dynamics
of the geared-bar mechanism as an attenuator of the rotational
energy of a satellite, several approximations to the actual case
were considered. The first case, consisting of the two-
dimensional analog (Fig.8) of the actual case (Fig. 9),
assuming perfect targeting and neglecting the attachment
phase and the endpoint locking of the flywheel, was solved

analytically.
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Under the above assumptions, the analysis suggested that an
attenuation of about 50% could be attained for a rack length
of 4 m, and an operation of 50 sec. These results pertain to
a satellite modeled as a 2000-kg cylinder, 4 m in height and
3 m in radius rotating at 50 rpm. The 40-kg flywheel used in
the analysis was 1 m in diameter, while the rack was assumed
weightless. At this point it should be mentioned that the
attenuation effects are highly dependent on the inertial
properties of the satellite. Thus, it should be kept in mind that
the diversity of satellites to be attenuated adds to the
complications and limits the applicability of the design.

In order to investigate the effects of the geared-bar
attenuator when it is not attached at right angles to the
principal axis of rotation of the debris, as well as when it is
attached off-center with respect to the satellite’s center of mass
(Fig. 9), an analysis was attempted on a software package
available at the University of Arizona. This software facilitated
a three-dimensional analysis and made it possible to animate
the resulting effects, for visual and demonstrational purposes.
For a satellite with inertial properties as mentioned above, the
software shows attenuation as high as 70% during the first
5 sec for the two-dimensional case, but not more than 25%
for the three-dimensional case that involves geometrical
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asymmetries and precessions. The fact that the rack and pinion
joint is not 100%, as was assumed by the software, will
lengthen the time needed for attenuation. Figures 10 and 11
show the angular velocity of the debris for the two- and three-
dimensional cases respectively.

The results indicate that the targeting and alignment of our
device is essential, and therefore a process of determining the
center of mass of the debris before operation is essential. The
software can provide results once the device is attached to the
satellite; however, impact forces caused by the attachment
process were not modeled.

To evaluate the model, a final comment on the effects upon
impact needs to be made. Provided that no eccentric forces
are present, i.e., perfect targeting, any components directed
radially from the Earth will cause oscillations that are estimated
to die out. Moreover, any angular components will result in
shifting the orbit but not changing the orbit aititude. Thus, the
effects on the debris will be mostly translational and will not
greatly affect the attenuation process.

6 F
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Fig. 10. 2-D Computer Modeling
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Attachment. Since the purpose of this project was to test
processes for attenuation, the issue of attaching the mechanism
to the satellite was not initially addressed. However, it was felt
that developing a method of attachment was necessary to
complete the subject of attenuating the rotational motion of
orbital debris.

Several ideas were considered. Wrapping something around
the satellite (similar to lassoing) was discarded because it
could not be guaranteed that there would be a perfectly clear
path all the way around every satellite due to auxiliary objects
such as antennas. Grabbing the satellite was felt to be
impractical because the skin of the satellite is very flimsy (since
its only purpose is to shield the inside from solar radiation and
small particles) and could not sustain very large forces and
moments.

The conceptual design of the device that was chosen to
build was much like an umbrella. The device would pierce the
skin of the satellite and, once inside, open up to prevent the
device from slipping back out.

As can be seen in Fig. 12, a motor turns a threaded rod and
the collar with the shorter links attached begins to move. Once
the collar contacts the back-plate the collar no longer moves
along the threaded rod and the shorter links then pull the
larger links until both are at right angles to the threaded rod.
The mechanism would have worked with only the longer rods;
however, the design chosen minimizes the load that each link
has to take and increases the mechanical advantage of each
link, thereby requiring less energy.

The motor to drive the threaded screw would be a DC
motor. The batteries would be charged prior to usc using the
power source available to ASPOD.

Conclusion. The overall purpose of this part of the project
was to research and design a mechanism that would slow or
attenuate the rotation of a satellite. The solution found would
involve launching a geared-bar mechanism to the piece of
debris. The tip would pierce the skin and six links would then
open up to keep the device in place. The flywheel would then
be disconnected from its locked position and allowed to rotate
out. This would transfer the rotational energy from the satellite

6-in link
60-degres-angle erm

12-in link

Nose Cons

collar bearing B

back plate

bearing A
front shaft

torgue tube
threaded rod

Fig. 12. Attachment Device

to a more manageable form in the flywheel. This method was
proven to work through experimentation and mathematical
and computer analysis.

DIGITAL CONTROL OF PLACEMENT ARM

The ASPOD design incorporates a solar-powered metal
cutter to facilitate dead satellite processing in a cost-effective
manner. In order to position debris at the focal point it is
necessary that the ASPOD be equipped with robotic arms. The
arm function is to hold and move material to be cut in the
focal plane of the solar concentrator. After this initial
development stage, the gathering arm was controlled with a
variable-speed on/off control panel. In order to automate the
arm and to better simulate its operation in space, a hardware/
software controller was designed. The objective of the digital
control was to eliminate the direct human interface initially
needed to operate the arm and to replace it with a software
interface that would accept commands entered into a PC
terminal. The digital control would increase the accuracy of
the arms’ movements, and with the software interface a
program could be developed in order to perform a pick-and-
place operation or a more defined cutting operation.

Design Specifications

The robotic arm has five revolute joints as shown in Fig. 13
with axes and degrees of joint rotation. The most important
component of the whole robot system is the digital control
system whose components are a power supply, voltage
regulator, two motion controller boards (from Motion
Engineering ), five motor drivers, five optical encoders, five DC
motors, and an IBM PC. Two of the hardware parts—the power
supply and the motor driver—required custom design and
fabrication. These components were constructed by members
of the team.

The hardware needed to build the power supply included
a transformer, a bridge, and two capacitors to produce a dual
output of +25V/-25V with a smooth signal (resembling DC
voltage ). The +25 V was also connected to a voltage regulator
to produce +5V for the optical encoder. Figure 14 shows the
circuit design for both the power supply and the voltage
regulator.

Five individual motor drivers (channels) were built within
the motor driver. Each driver consisted of a high-voltage
operational amplifier to amplify the input voltage from motion
controller boards, transistors, capacitors, and resistors (see
Fig, 13). The motor driver receives a voltage from the motion
controller board between -10V/+10V. The operational
amplifier amplifies the voltage at values of +20 to -20V. The
transistor amplifies the current and then sends a voltage to
drive the DC motors at each joint of the arm.

The optical e¢ncoders (HEDS-5600) are used to provide
accurate motion detection. They provide a high-performance,
optical incremental encoder that emphasizes high reliability
and resolution, low cost, and case of assembly. The optical
encoders were attached at the points of rotation to measure
the angle of rotation at each joint, and required a rigid mount
and modification to the shaft at cach joint.
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Swing of extended arm (1 degree of freedom) Two motion controller (MC) boards control the five DC
motors on the arm. The MC-400 is able to control four motors
while MC-200 can control two motors. The two MC boards
are connected to the computer and wired to the motor drivers.
Included in the package with the controlier boards were two
types of software: the “Stand Alone Program” aids in the
installation and testing of the optical encoders, and the MC
boards and the “Utility Subroutine and Program” aid in the
development of a customer-written program. The software can
be written in either “C” or “BASIC.” The MC controller boards
were accompanied by a user guide to assist in installation and
operation. The block diagram for the control system is shown
in Fig. 16.

The decision was made to use these MC boards over other
possible choices because the controller cards were designed
around the HCTL-1000 general-purpose Motion Control IC.
The HCTL-1000 has the capacity to handle all encoder input
decoding, phase commutation for steppers and brushless
servomotors, digital filtering of the control signal, and
generation of analog or pulse-width-modulated motor
command signals. It continually performs intensive tasks of
digital motion control, thereby frecing the PC for other
planning tasks. The HCTL-1000 operation is controlled by a
bank of 64 internal registers that, in turn, can be accessed by
mapping within the PC memory. There is no need for
interrupt-handling during operation.
25V To develop the control system, the robotic arm is viewed
' 1 as a continuous time-varying system. The Laplace transform

:=L technique is used to simplify the analysis. The block diagram

in Fig. 17 depicts the feedback closed-loop system of the

“25Y robotic arm control. The digital controller is an IBM computer,
[ while the DAC is a digital-to-analog converter, and the ADC

is an analog-to-digital converter. The amplifier is the motor

A driver circuit used to convert the low-level analog torque
l signal u(t) to a voltage v(t), which directly activates the joint
= motors. Since the joints are DC motors, the generated torque
is proportional to the armature current. Therefore, the
amplifier in Fig. 17 is an analog subsystem regulating the

Wrist rotates & bends

/(2 degrees of freedom)

Gripper closes & opens
(1 degree of freedom)

Fig. 13. Robotic Arm Showing Degrees of Freedom at Joints
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Fig. 17. Feedback Closed Loop System of Digital Control

current through variations in the applied armature voltage. The
ADC block detects the position (encoders) and the speed
(tachometers) of the joint motors and converts them into a
form recognized by the digital controller. Thus, the sensors
here represent an encoded disk (optical encoder) of the type
ADC.

The status of the project at this point is that we have control
of four of the five motors on the arm. A program was written
in “C” that can demonstrate a predetermined movement of the
arm and its return. Since the initial (zero) position sensors are
not installed, the arm can only be controlled using the joint
coordinates. Two sample programs were developed for this
purpose. One uses the voltage to control the joints. It reads
and records the quadrature counts from the optical encoders.
The second program uses the trapezoidal profile position
control in an interactive mode. It has been modified to execute
a sequence of point-to-point positions in the specified
envelope. The user at this point may move all joints
simultaneously or move one joint at a time to a predefined
position. This requires only one keystroke to the keyboard.

Future Plan

The future plan of the software project is to move the arm
with all 5 degrees of freedom integrating in a “pick-and-place”
fashion. The arm will also be movable to any predetermined
position in the physical envelope of the apparatus (i.e., move
anywhere defined in polar (r,q) coordinates). Future work
involves some hardware and software amplifications. For the
hardware, some position sensors need to be installed for the
initial (zero) position, and an optical encoder installed at the
wrist. For the software aspect, the relationship between the
inverse kinematics of the robot arm and the trajectory planning
needs to be studied in more depth, and integration of the
second arm must also be achieved. Components of this
integration include state-of-the-art artificial intelligence and
decentralized control algorithms. Additional considerations for
the software portion include both error checking and recovery
software that must be designed with the focal cutting point
in mind as well as an initial (zero) position. All the above
points must be intrinsic to the computer software each time

the machine is booted up or loaded. The future work of the
project will take place in the succeeding semesters by other
design teams.

MANIPULATOR ARM

The ASPOD spacecraft will need two robotic arms to
successfully retrieve and process a piece of orbital debris. This
year the task was to design and fabricate a new robotic arm.
This arm was to be designed with the specific ASPOD mission
in mind, and have the flexibility necessary for the handling of
large pieces of debris.

Limitations

There will be no subsequent contact with the orbiter once
it has been launched; therefore, it must be reliable. The arm
must have a hand capable of grabbing most space debris as
well as grappling with a larger satellite. Control of the arm
must be precise. Vibrations, as well as slop/backlash within the
arm's actuator mechanisms, must be minimized. The design
must be adaptable to digital control and the electrical system
must run off a 24-V power supply.

Design (Target) Specifications

In the process of generating alternative solutions the solar
mirror structure was analyzed to determine the necessary
DOFs. By approaching the problem in this manner, we would
not have to analyze and build models to treat every design that
did not have any immediate foreseeable problems. Analysis by
this method led to a very unique solution.

First, it was determined that the easiest way to remove the
lens from the holding slot was to translate it along an axis
contained within the plane of the lens (see Fig. 18). We call
this the hand axis from here on to clarify our discussion. Note
that we assume the grasping mechanism to be attached to this
axis.

Fig. 18. Hand Axis
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Fig. 19. Central Axis Rotation
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Fig. 20. Focal Point Within Reach

To reach all three lenses with the hand axis in this
orientation with respect to each lens individually, it is
necessary to rotate about the central axis of the mirror
structure (see Fig. 19).

The next requirement is for the arm to be able to reach
the focal point. From Fig. 20 it can be seen that we need only
to translate along an axis parallel to that of the central axis
to meet this requirement. Finally, to reach debris located above
the mirror structure the mechanism must be able to rotate
about an axis perpendicular to the plane created by both the
hand and central axis.

With these three DOFs we have a work area with roughly
the shape of a cylinder with half spheres at the ends. Adding
more DOFs in the form of joints or extensions would be
redundant at this point. The adding of redundancies may
decrease the difficulty of specific tasks. For example, in the
case where an obstruction prevents the arm from directly
reaching an object, it may be necessary to have another joint
in the arm to essentially reach around the obstruction.
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It is important to note that none of the DOFs required by
the hand to petform properly have been considered here. The
reason is that the DOFs discussed so far are for location and
orientation of the hands—i.e., getting the hand to the desired
locations—whereas the DOFs required by the hand are for
orientation of the hand to receive the object. Those DOFs will
be discussed in the subproblems involving the hand.

Using the three fundamental DOFs, the configuration in
Fig. 21 was proposed. Note that the ring was used to
accomplish the rotation about the central axis so that no part
of the arm would be prone to moving through the focal point
(see Figs. 21 and 22).

Fig. 21.

Fig. 22.
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Final Design

Polar drive mechanism. The purpose of the axial tracks
is to translate the entire robotic arm structure along the body
of the collector. This is accomplished through motor driven
screws. The motors have an output of 100 oz-in at 30 rpm per
motor. This velocity will cause the polar track assembly to
move at a rate of 4 in/min. The reason for keeping the velocity
low is to prevent unwanted oscillations in the system. The
power screws are regular 0.5 in and 13 threads per in.

The main load of the polar tracks is taken up by the bearings
inside the pillow blocks. The bearings are 0.75-in linear
bearings. Two linear bearings were used to prevent horizontal
motion. The bearings ride on 60 case-hardened steel rods. This
material was chosen because of its great stiffness capabilities
and availability. Alongside the bearings, inside the pillow
blocks, there are two couplings. The reason for using two is
also to prevent horizontal deflection and to maximize the
contact area between the pillow blocks and the driver screws.

The connection between the pillow blocks and the polar
track is done through the flat plates that are welded to the
polar track and the pillow blocks. The flat plates are bolted
together.

The tracks, which were manufactured out of aluminum
stock, are supported at the ends.

The circular track allows the arm to rotate about the focal
point and align itself in a normal sense to the lens axis. The
circular track allows the arm to access the mirror/lens
structure without interference. A wide-base channel section
(5 X 1.75-in cross-section) provides the necessary contact
points to mount the arm and yields a “chamber” of space
essential to the drive mechanism. The channel material is 5052
aluminum and initially weighed 24 Ib. The weight was reduced
to approximately 19 |b by drilling thirty 2.5-in diameter holes
along the web, evenly spaced 3.5 in apart center to center. The
holes did not weaken the track but did slightly deform it. The
track’s inside diameter was reduced by approximately 0.5 in,
which is not a problem.

The arm is mounted onto the arm-platform, which contacts
the channel track at six points: four on the outside and two
on the inside. The rollers are Killian bearings that provide
normal and lateral stability. The four outside bearings have
been modified to prevent derailing. A washer has been pressed
against the lip of the bearing. Two pairs of springs are
incorporated in the design of the platform: one pair clamps
the inside rollers to the platform providing normal stability, and
the other pair ensures lateral contact of the bearings to the
track. The springs are necessary to account for track
irregularities.

The drive is simply a dual chain/sprocket drive. Power is
transferred through a 50:1 worm gear reducer. The motor
ordered was found to be faulty. It was rated at 10,000 rpm,
9 oz-in torque. Since it was to operate at shaft conditions of
500 rpm, 180 oz-in, this would give more than the needed
torque of 500 o0z-in. Testing showed motor output was
nowhere near these specifications, so it was necessary to use
a motor that was found and worked. No characteristics are
known about the motor. Testing of the circular track drive
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mechanism showed that operation performance was adequate
for loads of 15 to 20 Ib.

Elbow joint. The clbow joint provides one degree of
freedom, which enables objects to be moved in or out of the
focal point. It also supports access radially outward from the
polar track providing access to objects that lie outside the
ASPOD's framework. The elbow consists of two major
components.

The first piece holds the motor and worm, and braces the
5/16-in shaft with a 7/8-in OD roller bearing press fit at either
side. The selected motor is shown below as motor #1. The
worm is steel, single-tooth, and 32 pitch. The shaft is held in
place with snap rings.

The second major part of the elbow joint has a 32-pitch,
100-tooth worm wheel pressed into it. The worm wheel mates
the worm on the first part when placed on the shaft. The shaft
has a flat milled across it and is fixed to the worm wheel with
a 5-40 set screw. The set screw is 2in long so it not only
holds the shaft but also fixes the wheel to the second piece.

Both parts of the elbow have a 1-in long hollow male fitting
that is placed into a 1.5-in OD 0.0649-in thick pipe. All
structural parts are made of aluminum; all fasteners are steel.

Motor rotor assembly. The motor rotor assembly is a
gearbox that holds the arm above the polar track and allows
the arm to rotate a full 360°. This provides access to objects
in front, behind, or to cither side of the ASPOD. The gearbox
consists of two 9-in X 4-in plates separated 2.5in by four
spacers. The motor drives a 24-pitch, 100-tooth worm wheel
that is held on the end of the shaft/endcap with 5-40 set screw.
The motor selected for the gearbox is identified as motor #1.
The motor is held at the precise height and angle with the
motor mount.

The shaft/endcap is machined to have a 3/8-in shaft on one
end and a 1/2-in long hollow male fitting on the other. It
protrudes through the top of the gearbox so that the 1.5-in
pipe that holds the elbow joint can be attached. The part of
the endcap that joins the shaft was threaded with 9/32-in
18 threads/in. The shaft fits through a bearing and is held by
a 9/32-in nut. The bearing is held in place with a machined
cap. The cap was machined to have a snug fit with the bearing
circumference and have a 1/1000-in interference fit between
the bearing and top plate. The cap is fastened to the plate with
four 6/32-in bolts.

Motor selection. The following motors were selected for
their torque and speed. The exact weight was unknown but
a rough estimate considering their size was also considered.
The motors needed to have this great amount of torque as our
initial estimates of the arm weight were too low. These motors
will allow the arm to retain its original design capabilities of
lifting a 2-1b plate at an extension of 33 in.

Motor # Quantity Torque (0z-in) Speed (rpm)
1 2 100 375
2 1 25 1000
3 3 100 75
4 2 75 30
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Grasping mechanism. The requirements of the grasping
mechanism are that it must be able to grab a thin flat plate
ranging in thickness from 0.125 to 0.75in, grasp a cylinder
with a diameter ranging from 0.125 to 4.0in, and grasp a
sphere with a diameter equal to that of the cylinder. Other
general requirements for the mechanism are that the weight
be minimal, the ratio of the clamping to the actuator force
be maximized, and that the force ratio be as nearly constant
throughout the range of motion of the mechanism as possible.

For the design that was developed and built to meet the
requirements, the ratio of the clamping force to the actuator
force is 0.25 and is nearly constant throughout the clamping
range. The ratio was determined by constructing a static force
vector diagram on each design at intervals in their range of
motion. There was a trade-off between the increased ratio and
smaller size. The force ratio would increase if the distance
between the two sets of four bar linkages were increased. This
design was chosen over five others because of its higher
clamping force ratio, its smaller size, and its simplicity.

Harmonic vibrations. Vibrations of any space structure
create special problems. The payload must be deployed, be
able to precisely grab objects, and not suffer damage due to
fatigue trying to capture satellites.

The space shuttle has a natural harmonic frequency of 32 Hz
that prevents it from carrying a payload with a corresponding
harmonic frequency less than or equal to 32 Hz. Such a payload
(<32Hz) would certainly cause resonant vibrations of
increasing amplitude. Damage to the shuttle resulting from
resonance would be likely since it takes several hours to deploy
any payload and the shuttle would be subject to the resonant
vibrations until deployment since there is no damping in space.

If the robotic arm is to grasp an object, the exact position
of the manipulator must be known. Low frequency vibrations
tend to have greater amplitude and the end of the arm could
move more than an inch. Use of space-rated composite
materials (higher structural stiffness) would help to alleviate
this problem.

If the amplitude of harmonic vibrations is too high, the
robotic arm will experience high stresses. These stresses will
cause fatigue damage if aluminum is the primary construction
material of the arm. This is especially dangerous since space
structures usually have little or no factor of safety. Composites
have better fatiguing properties and should be used in all high-
Stress areas.
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Conclusion. This year’s research team designed and
constructed the primary grappling arm. The arm has the ability
to maneuver large and bulky objects into the focus of the
Fresnel lens solar cutting device without obstructing the beam.
A secondary function of the arm is to be able to repair or
replace any of the Fresnel lenses if they are damaged. Both
of these goals are met with the ASPOD robotic arm.

Most of the design specifications have been met. The arm
can grasp a variety of objects from round balls to flat plates.
It can be adapted to computer control by future design teams.
All motors operate at 24 V (some are rated slightly higher but
this presents no problem). The arm appears able to replace
Fresnel lenses and repair the mirror array. However, the arm
is not lightweight; in fact, it is so overweight that the Polar
Arc is in distress. The arm is not reliable enough to operate
for months or years without service.

Replacement of some aluminum parts with graphite
composites would greatly enhance the performance of the
robotic arm. Not only will weight be drastically reduced, but
problems due to the low harmonics (4 to 10 Hz depending
on its position) of the arm will be improved.
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LABORATORY SIMULATION OF THE ROCKET MOTOR THRUST AS A

“FOLLOWER” FORCE N 9 1 - 1 8 12 4

UNIVERSITY OF CALIFORNIA, LOS ANGELES

Ground tests of solid propellant rocket motors have shown that metal-containing propellants produce
various amounts of slag (primarily aluminum oxide), which is trapped in the motor case causing a loss
of specific impulse. Although not yet definitely established, the presence of a liquid pool of slag also
may contribute to nutational instabilities that have been observed with certain spin-stabilized, upper-stage
vehicles. Because of the rocket’s axial acceleration—absent in the ground tests—estimates of in-flight
slag mass have been very uncertain. Yet such estimates are needed to determine the magnitude of the
control authority of the systems required for eliminating the instability. A test rig with an eccentrically
mounted hemispherical bowl was designed and built that incorporates a “follower” force that properly
aligns the thrust vector along the axis of spin. A program that computes the motion of a point mass
in the spinning and precessing bowl was written. Using various rpm, friction factors, and initial starting
conditions, plots were generated showing the trace of the point mass around the inside of the fuel tank.
The apparatus will be used extensively during the 1990-1991 academic year and incorporate future design
features ‘such as a variable nutation angle and a film height measuring instrument. Data obtained on the
nutational instability characteristics will be used to determine order-of-magnitude estimates of control

authority needed to minimize the stoshing cffect.

INTRODUCTION

Many rocket motor solid propellants in current use contain
a significant amount of aluminum, which, when burned,
produces a slag consisting of aluminum oxide and elemental
aluminum. Most of this material is expelled through the rocket
motor nozzle and adds to the thrust, but some remains trapped
in the motor case. The melting point of the a-form of AlL,O,
is about 2050°C, below the temperature of the combustion
gas. The liquid slag, in the form of small droplets, is subject
to a combination of forces that include the drag from the
combustion gas, the inertial force resulting from the axial
acceleration of the rocket, and (for spin-stabilized vehicles) the
centrifugal force resulting from the vehicle spin.

The present analysis postulates that, because of the high fevel
of turbulence in the motor, slag droplets entering the gas
stream are ejected, and that trapped slag is formed primarily
by liquid slag flowing along the surfaces toward the point of
minimum potential energy in the accelerating and spinning
motor. Also, the present analysis concludes that slag will
accumulate to some degree in all spinning or accelerating
rocket motors with aluminum-containing propellants and
submerged nozzles.

A number of spin-stabilized vehicles that use aluminized
propellant have shown a marked tendency for a “coning”
instability, i€, a precession with steadily increasing nutation
angle. These motors have a submerged nozzle geometry,
resulting in a downstream annular pocket that is likely to favor
slag retention. It has been surmised, therefore, that the sloshing
motion of a liquid slag pool may be a contributing cause of
the observed flight instability. The effects of liquid slag on the
stability of spinning vehicles is similar to the effects produced
by fuel slosh in spacecraft. Slag retention also requires exami-
nation because of its potentially deleterious effect on specific
impulse.

PRECEDING PAGE BLANK NOT FiLMED

Through installation of witness plates downstream of the
nozzle, where some of the (now solid) slag particles are
deposited, estimates of the size distribution and total mass of
the expelled particles have been made. Ground tests of this
type, however, take no account of the precessing of the
droplets in the nozzle.

This report consists of a mechanical design that simulates
the motion of a spherical fuel tank in a thrusting spacecraft.
A true simulation of the thrust was thought to be impossible
because of the gravitational forces present in the laboratory.
However, through the means of an eccentrically mounted
spacecraft model on the top of a turntable, the simulation of
thrust aligned with the vehicle axis is possible. The mechanical
design was finished during the 1990 winter quarter and the
test rig was built in the spring. Comparison of the initial
description (see Fig. 1) with the design actually built (see
Fig. 2) shows the evolution of the design concept. Qualitative
analysis will be provided by photographs of fluid profiles at
given time intervals and quantitative analysis by correlation of
film thickness from capacitance measurements between two
platinum wires located in the bowl. This sensor will be
designed, built, and incorporated into the test rig slip-ring
assembly during the 1990-1991 academic year. From these
data, nutational instability characteristics and order-of-
magnitude estimates of control authority needed to eliminate
the instability will be determined.

A computer program was written to simulate the shape of
a fluid in a spinning and precessing container with a nutation
angle equal to zero. The fluid was assumed to be in hydrostatic
equilibrium. The fluid depth as a function of position along
with the shoreline of the fluid was determined. A more general
code was written that computes the motion of a point mass
in a spinning and precessing hemispherical container. Using
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Fig. 1. Apparatus Diagram (Not to scale)

various rpm and friction factors, plots were generated to
compare the motion of the point mass and validate the
theoretical model (see Fig. 3).

VISCOUS DISSIPATION

The degree of instability of a thrusting, spin-stabilized
spacecraft depends strongly on the amount of internal energy
dissipation. The dominant energy dissipation mechanism is
thought to be the sloshing of liquid slag at the bottom of the
solid motor casing, which directly influences the body’s
motion. Oscillatory, and sometimes violent, motion of the fluid
induces corresponding oscillations in the body. Viscous effects
in the fluid also influence the body causing the nutation angle
to change, thereby affecting stability. It is, therefore, important
to estimate the energy losses in the fluid.

Once these encrgy losses are estimated, one can predict the
body motion by reducing its kinetic energy at the same rate.
This approach is known as the “energy sink” procedure. Due
to the growing nutation angle from energy dissipation, thrust
corrections need to be made to stabilize the craft. This
requires more fuel to be included for stabilization during
launch, which ultimately increases launch mass. Having to fire
these correcting thrusters at the right time creates yet another
problem in the attitude dynamics and control of the spacecraft.
Ideally, nutational instability characteristics and order-of-
magnitude estimates of control authority needed to eliminate
the instability would allow designers to provide the lightest
control system necessary to minimize this phenomenon.

(b)

Fig. 2. Completed Test Rig: (2) Top View Showing Liquid Sloshing in
Bowl; (b) Side View Showing Dual Motor Assembly
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Fig. 3. Follow Force Diagram
SCALE-MODEL PRINCIPLES

Many different models have been developed to test sloshing
and its effect on spacecraft. Most of these models, however,
are made to simulate the sloshing of a spacecraft in which
thrust is absent. One of the recent problems is that an
instability evidenced by a growing nutation angle has been
observed during the firing of liquid and solid perigee and
apogee motors. A new model to simulate this motion was
needed that properly aligns the “thrust” vector with the model
axis.

A simple design of a spacecraft model mounted eccentrically
on a turntable can be used. This rig simulates the thrust as
a “follower” force (see Fig. 4). Previous models were subjected
to gravity forces acting at the center of mass, but the new
model produces a combination of gravity and inertial forces
that remains aligned at all times with the vehicle axis. Hence,
this thrust “follows” the model as it spins and precesses on
the turntable.

Z axus

marble
point mass
R = turntable radius
) ® = angular velocity
_®°R
“follower" tan® = g
force
| § = gravity

®’R = centrifugal acceleration

Fig. 4. Computer Code Resuits: Ten Second Marble Trace
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Because of space and cost constraints, it is necessary to have
a model that is not full scale. It must then be shown that the
model behaves in the same way as the spacecraft. Therefore,
it is required for the model to have the same inertia ratio as

the spacecraft
E = _]i
IP modyd Ip spacecraft

It also follows that the ratio of the precession rate to the spin
rat¢ be the same in both the model and the full-scale
spacecraft. To simulate the dynamics of the sloshing requires
that the Froude numbers of the model and spacecraft be the
same

2 2
Froude number = | R{(d®dD) — [ Ryd®dt)
8/€os0 | moda T/M

] spacecraft

Solving for (d$/dt)oger
(R[ )spacccraﬂ g M

(dq)/dt )model = (d ¢/dt )spacecmﬁ ( Rt )m()df:l Tcosbo

Using these equations, a good approximation of a thrusting
spacecraft can be made in the laboratory.

MECHANICAL DESIGN

A distinct design evolution was experienced in attempting
to construct a test rig that would adequately simulate the
conditions present during the burn of a solid propellant rocket
motor. As a preliminary experiment it was primarily designed
to provide a qualitative analysis of fuel and slag sloshing and
aid in the development of future experimentation.

The design problem was to simulate rotation about the
rocket's own axis and the subsequent precession about an
associated axis, both of which are effects of spin stabilization.
It was initially agreed that dual rotating shafts were best fitted
to produce the kinematics of the situation, and subsequently
the design problem was limited to developing a system that
would drive the two shafts with correct direction and rates
of spin. In order to achieve this effect several proposals were
made, the first of which entailed using a set of belts and pulleys
driven by a single electric motor. Succeeding designs included
such elements as a planetary gear system, a set of rubber
wheels, or a set of dual motors. In the end, the initial concept
of belts and pulleys was adopted for their availability and ease
of use.

The rig is mounted on a halfiinch-thick aluminum table,
approximately 1 m squarc and held up by four 9-in-long
aluminum legs. The main shaft is positioned vertically through
the middle of the table, housed by a bearing assembly mounted
to the underface of the table. This shaft is driven by a belt,
connected to a variable-rpm electric motor also mounted
beneath the table. To the top of the main shaft is mounted
a control arm made from an aluminum T beam. On one side
of the control arm is the fuel tank assembly and on the other,
an equal counterweight made of lead plates.
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The hemispherical bowl, turmed from a lucite block, is
mounted to a second shaft that rotates within the bearing
housing mounted to the control arm. Positioned on the main
shaft and on the bottom of the second shaft are two pulleys.
The pulley on the main shaft is secured and remains stationary
with respect to the table. The other pulley is secured to the
second shaft and produces the rotation of the bowl about its
own axis. A crossing belt connects the two pulleys, and as the
main shaft rotates at an average rate of 40 rpm, the second
shaft rotates twice as fast in the opposite direction. In order
to keep an adequate tension in the belt, the bearing assembly
housing the shaft can shift horizontally by +0.5 in. In addition,
an idler is included on the control arm to guide the belt and
maintain its tension.

During the next academic year (1990-1991) a sensor will
be designed that determines the film thickness by measuring
the capacitance between two platinum wires. This will
hopefully provide a means to quantify the force and momen-
tum produced by the rotating liquid in the bowl at various
rpm. In order to incorporate this instrument, an electric
connection to the bowl is needed through a set of slip rings
in the rotating mechanism. Just below the bowl and above the
bearing assembly is mounted the first slip ring, and at the
bottom of the main shaft below the bearing assembly is
mounted the second slip ring. To connect the wires from the
control arm to the second ring, a hole is drilled down the
center and through the entire length of the shaft. Through this
hole the wires are run to the slip ring.

COMPUTER SIMULATION

A theoretical analysis that approximates the fluid in the bowl
with a point mass was developed. The result was a system of
two ordinary differential equations that can be solved
numerically by Heun's method for initial value problems. A
code was generated that determines the x, y, and z coordinates
of a “marble” rolling around inside the bowl given a friction
factor, initial starting coordinates, bowl pm, and nutation
angle. The friction factor was varied to simulate the effects of
fluid viscosity and friction of the point mass. The larger the
friction value, the more of a damping cffect the marble
exhibited. For smaller values, the marble took longer to
stabilize and rose higher in the bowl (sec Fig. 4). When the
actual experiments begin this fall, the code can be properly
validated with better cstimates of the friction factor, rpm, and
nutation angles necessary to demonstrate a valid theoretical
model and test rig.
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DESIGN OF A SCIENTIFIC PROBE FOR OBTAINING

MARS SURFACE MATERIAL

N91-18125

UNIVERSITY OF CALIFORNIA, LOS ANGELES

INTRODUCTION

Background

With the recent renewed interest in interplanetary and deep
space exploratory missions, the Red Planet, Mars, which has
captured people’s imagination for centuries, has again become
a center of attention. In the late 1960s and early 1970s, a series
of Mariner missions performed fly-by investigations of the Mars
surface and atmosphere. Later, in the mid 1970s, the data
gathered by these earlier Mariner missions provided the basis
of the much-publicized Viking missions, whose main objective
was to determine the possibility of extraterrestrial life on Mars.
More recently, with the dramatic changes in international
politics, ambitious joint manned missions between the United
States and the Soviet Union have been proposed to be launched
in the early 21st century.

In light of these exciting developments, the Spacecraft
Design course, which was newly established at UCLA under
NASA/USRA sponsorship, has developed its curriculum around
a design project: the synthesis of an unmanned martian landing
probe. The students are required to conceive a preliminary
design of a small spacecraft that is capable of landing at a
designated site, @ﬂE@Oﬂ samples, and then returning the
samples to orbit. The goal of the project is to demonstrate the
feasibility of such a mission.

Mission Requirements

The detailed mission requirements are as follows:

Science objective. To collect 1.0kg of surface material
from the planet Mars for return to Earth for chemical and
mineralogical analysis. The surface material is to come from
the Hellas depression near Crater 29 at latitude -28.5°,
longitude 283.0°.

Engineering objective. To design a Mars Surface Probe
(MSP) that will descend from a Mars Orbiting Vehicle (MOV)
to the surface of the planet, collect the surface material and
return it to the MOV. The material can be in the form of
granules obtained from drilling into the surface. The MOV with
its attached MSP orbits about Mars in a circular path with the
ascending node at 250° longitude, inclination angle +30°,
altitude above the Mars mean surface of 600 km. As long as
the MSP remains attached to the orbiting vehicle, all
housekeeping functions such as electric power supply,
command and telemetry, maintenance of constant temperature,
etc., are provided to the MSP by the orbiting vehicle. The
nominal temperature before the MSP is separated from the
MOV is 20°C.

Project Organization

The project itself was divided into four areas of specializa-
tion: mechanical design, trajectory analysis, propulsion systems,
and thermal control.

The main duty of the mechanical design specialist was to
develop the general physical configuration of the spacecraft.
Details such as the accessibility of the components, integration
of subsystems, and mass property calculations had to be taken
into account. In addition, the design of the soil collection
mechanism, landing gears, and parachutes (if applicable) were
also part of the mechanical designer’s responsibility.

The trajectory specialist’s first concern was to determine the
optimum path necessary to allow the MSP to leave Mars orbit
and land at the designated site. Detailed calculations were also
performed by numerically solving the equations of motion of
the vehicle at the vicinity of the planet surface, while taking
into account atmospheric resistance. The ascending trajectory
was also determined to allow the rendezvous of the landing
vehicle and the orbiting mother ship.

The results from the trajectory analysis were then passed on
to the propulsion specialist. Given this information, the
propulsion specialist was required to determine the sizes of
the rocket motors necessary for orbit maneuvering, deceler-
ation, and ascent. The process of sizing of rocket motors
includes propellant selection, estimation of propellant weight,
nozzle sizing and design, and grain shape design (if solid
propellant rockets are selected).

The thermal control engineer was responsible for the
management of energy and for the thermal environment of the
spacecraft. Aeroheating during atmospheric entry, internal
temperature maintenance on the martian surface, and heat
dissipation of electrical components were some of the major
problems. The thermal specialist had to develop schemes of
insulation, select appropriate batteries as power source, and
analyze the heat transfer at various stages of the mission.

RESULTS OF ANALYSIS
Mechanical Design

General configuration. The general configuration of the
MSP is developed to provide structural support of the
propulsion system, the instrumentation required for the
mission, and to withstand the landing impact. It also serves as
the launch piatform for the ascent rocket, which propels the
payload into the rendezvous orbit (see Fig. 1).
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Fig. 1. Three Possible Configurations of the MSP
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Vebicle deceleration system. For mechanical simplicity,
parachutes are selected as the deceleration system. A high-
speed deceleration chute, with a 4.52-m diameter cruciform
canopy, is deployed at an altitude of 20km. A second
parachute, which has a flat circular canopy (39.4m in
diameter), is used for terminal descent. The combination of
the two parachutes enables the MSP to land on the martian
surface at a vertical speed of 10 m/sec.

Landing gear. Even though the MSP does not have any
ultrasensitive instrumentation on board, it is still necessary to
provide a reasonably soft landing to prevent possible damage
to the subsystems. Collapsible aluminum honeycomb materials
and oleo-pneumatic-type hydraulic shock absorbers are
implemented in the landing gear/shock absorption system
design for this purpose. Calculations show that this design is
capable of withstanding about 8000 N, which is approximately
equivalent to a load factor of 5 g (see Fig. 2).

Sample collection mechanism. The soil sample collection
mechanism takes advantage of the atmosphere on Mars. The
device consists of a drill, an aspirator, and a 200-W DC motor
that drives both the drill and the aspirator. Dust particles
generated by the drilling action are collected into the payload
canister by suction, which is generated by the aspirator (sce
Fig. 3). The mechanism is expected to be operating for at most
15 min.

THREE VIEWS
OF THE LANDING GEAR

Fig. 2. Design of the Landing Pad
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Fig. 3. The Soil Sample Collection Mechanism
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Table 1. Summary of Mass Properties of the MSP

Item Vertical Horizontal Lateral
No. Name Mass (kg) Arm z Inertia Arm x Inertia Arm y Inertia
Mz? Mx? My?
1 Payload 10 22 4,840 0 0 0 ]
2 Power supply (upper stage) 5 5 125 0 0 0 0
3 Power supply (lower stage) 2x 10 5 250 0 0 0 0
4 Parachute System 60 54 174,960 0 0 0 0
5 Structure 40 0 0 0 0 0 0
6 Heat shield 100 26 67,600 0 0 0 0
7 Sample acquisition system” 36 14 7006 0 0 0 0
8 Deorbit motor and fuel 4 X 28 6 4 x 1,008 16 2x7,168 16 2X 7168
9 Ascent motor and fuel 4x 16 12 4 x 2,304 18 2x5,184 18 2% 5,184
10 Rendezvous motor and fuel 1x4 22 1,936 0 0 0 0
Totals (kg-cm?) 403.6 — 263,665 — 24,704 24,704

*Sample acquisition system includes 1.36-kg Motov and 2.27-kg drill assembly.

MSP/MOV interface. A mechanism that allows the
reattachment of the MSP and MOV at the final stage of the
mission is also conceived. The design will permit 2 7° angular
misalignment and a 20-cm linear displacement during the
rendezvous process (see Fig. 4).

Moments of inertia. The moments of inertia of each major
components of the MSP are summarized in Table 1.

Trajectory Analysis

The trajectory analysis was broken down into several steps.
First, an outline of the various stages of the mission was
developed. Second, given the landing site, the minimum
relative velocity change required and time of separation of the
MSP were determined. With this information, more detailed
calculations were performed, taking into account aerodynamic
drag and the deceleration mechanism to determine more
precisely the path for landing the spacecraft. Finally, the ascent
trajectory and the AV required for rendezvous orbit injection
were calculated in a similar fashion. The results are summar-
ized in the following sections.

RENDEZ-VOUS CONFIG
<$1DE VLW

Fig. 4. MSP/MOV Interface Mechanism
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Outline of the mission scenario. Prior to trajectory
analysis, the major stages of the MSP mission were identified.
These stages are listed in Table 2.

Table 2. Mission Scenario

MSP and MOY orbit Mars

MSP separates from MOV, injection into descent orbit
De-orbit rockets jettisoned

Deceleration parachutes deployed

Terminal decent parachutes deployed

MSP touch down on Mars

MSP collects soil sample

The ascent rocket motor is fired

The ascent rocket is jettisoned

Rendezvous rocket firing; injection into rendezvous orbit
MSP/MOV rendezvous

QOISR NP WN—=O

—_

Delta-V determination. Since the MSP and MOV are
originally in a circular orbit around Mars, the MSP must be
injected into a2 new orbit that intersects the vicinity of the
designated landing site with minimum fuel consumption.
However, the MSP’s angle of approach must be greater than
15° because of the geological features of the surface. Given
this constraint and knowing the mass of Mars and the original
orbit of the MSP/MOV, both the new orbit and the minimum
change in velocity required to achieve the new orbit can be
determined using the equations of orbital mechanics (see
Fig. 5).

Similar analysis can be performed for the ascent trajectory.
The minimum change in velocity required to boost the payload
to the proper altitude and injection into the rendezvous orbit
were determined.

Descent trajectory. As the MSP approaches the surface, the
resistance of the martian atmosphere becomes more signifi-
cant. Further, the deployment of the deceleration systems
affects the final stages of the trajectory greatly. Thus, the results
of the previous section provide the initial condition of a more
detailed trajectory calculation, taking into account various
perturbations, to the ideal solution (Fig 6). The equation to
be solved is Newton’s second law of motion in two dimen-
sions; in our case, this is a system of nonlinear, second-order
differential equations. These equations were solved numerically
by Euler’s method (Table 3).
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ASCENT TRAJECTORY
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Fig. 5. Schematic Diagrams of the MSP Descent Path Sutesim)
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Table 3. Summary of Trajectory Analysis :
»
Separation occurs at: »p-
-29.6° latitude, 341.1° longitude, 600.0 km altitude b
al-
Velocity after separation: :
MOV: 3.281 km/sec b
MSP: 2.790 km/sec .
V: 795.0 m/sec . [T ] e w08
Timse(sec]
Descent elliptical orbit: — nas
major axis length: 3134 km - e
eccentricity: 0.277
Descent Trajectory:
range: 3372.6 km
duration: 1524.5 sec
Time on Hellas: 57249 sec ALTITUDE VS. RANGE
(Altitude With Respect to Hellas)
Ascent Trajectory:
max. velocity achieved: 3407 m/sec o Liudelim)
Range: 3420.1 km S R SRR
duration: 1323.5 sec wh- e R et ettt
circular orbit injection AV: 0.917 km/sec o \\
Total mission time: 60096 sec = 16.69 hours ot
® N
L d \
oh- ‘ \\
R R i s
Propulsion . - - )
] oo 100009 160000 200000
. ) Range[m]
Based on the mission scenario and the required AV at —_—
various stages of the MSP mission, the types of propellant used s 101
for each of the rocket motors were selected. In addition, the
size and shape of the exhaust nozzie and the requirements of
the various subsystems were determined. Fig. 6. Results of the Descent Trajectory Analysis
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Propellant mass estimation. Given the change in velocity
necessary at each stage of the mission and the estimation of
total weight of the rest of the spacecraft by the mechanical
designer, the propulsion specialist could estimate the mass of
propellant needed. Given the mass and velocity prior to rocket
firing and the final velocity, the mass expended to achieve the
change can be calculated by conservation of momentum. A
summary of a sample calculation is listed in Table 4.

Table 4. System Mass at Different Phases of the Mission

Mass (kg) Structure Dropped (kg) Propellant Used (kg)

427.37 101.79
325.58
230.07
170.07
170.07
76.44
18.74
13.69
10.00

Event

1151
60

93.63
57.70

5.006
3.69

WIS N BB =D

Rocket nozzle design. The exhaust nozzles must be
carefully designed so that the performance (particularly the
specific thrust) of each rocket engine can fulfill its function.
For example, the ascent motor must have total thrust greater
than its total weight in order to propel the payload into orbit.
Ideal gas behavior is assumed throughout this analysis. The
thrust force can be related to the nozzle throat area, exit area,
and mass flow rate of the fuel/oxidizer mixture by 1-D
compressible flow equations and thermodynamics laws. Since
the exit area of the nozzle is essentially fixed by the physical
size of the rocket itself, mass flow rate of the propellant and
the throat area become the main variables. These variables are
selected via iterative processes to yield the optimal thrust.
Sample results are shown in Table 5.

Propulsion subsystems (gimbal, skin thickness, and
grain design). A nozzle gimbaling scheme is also developed
to maintain the stability of the ascent. For solid rocket appli-
cations, propeliant grain shape is also determined to ensure
an approximately constant generation of thrust in time (see
Fig. 7).

Thermal Control

Thermal analysis for MSP during eclipse. When solar
radiation to the MSP is blocked by the planet, the internal
temperature of the spacecraft must be maintained so that
temperature-sensitive instrumentation (battery, for example)
will function properly. Steady-state energy conservation analysis
shows that about 23 W of power is required to maintain a
20°C internal temperature.

31

Heat shield/aerobeating. During supersonic atmospheric
entry, a large quantity of heat is generated by friction and the
presence of a shock wave. Thermal analysis was performed on
a graphite heat shield with thermal blankets (made of
aluminized Mylar, separated by dacron mesh) on the insiuc of
the shield. The calculation shows that the inside graphitc
shield will reach a temperaiure of 390 K With the help «of
thermal blankets, the heat flux into the MSP itself will not
cause any damage to the instruments.

MSP beat transfer characteristics at the martian
surface. The major contributors of heat transfer during the
MSP’s stay on the martian surface are convective heat transfer
due to winds, solar radiation, and the radiation of the martian
surface (black body radiation). Analysis shows that, in order
to maintain the 20°C internal temperature, 26 W is needed
during daytime, and 48 W when solar radiation is absent.

Thermal environment maintenance schbeme. The
power requirement of the thermal control and the electrical
components provides the basis for selecting a battery (Table
6). A zinc/silver battery, which is capable of an output of 28 V
at 20 amp/hours, was chosen because of its superior energy
density and weight among the available off-the-shelf selections.

Thermal control was achieved by an adaptive feedback-
control system with heating coils and electrical grids. A block
diagram of such a system is shown in Fig. 8.

Tolerable wind speed. An analysis was also performed on
the maximum surface windspeed tolerated by the MSP before
it tips over. Using simple but conservative assumptions about
the drag coefficient of the MSP, it is shown that winds of up
to 600 m/sec can be tolerated.

DISCUSSION AND CONCLUSION

Due to the time constraint of the course and shortage of
test data of various components, many assumptions had to be
made in the preceding analysis. Some of the more important
ones are discussed in the following paragraphs.

Mechanical Design/Weight Estimate

Since a detailed structural analysis was not performed, the
weights of the various structural members of the MSP were
estimated based on comparison with other spacecraft with
similar missions. However, conservative estimates are used
throughout the process, and a large margin of safety was kept.

Trajectory Analysis

The actual atmospheric entry acrodynamics are quite
complex, as chemical species are generated and dissociated
under the intense heating of hypersonic flow speed. A more

Table 5. Specifications of the Rocket Motors

Rocket Propellant Ly Max. Flow Throat Exit
Motor Type (sec) Thrust (N) Rate (kg/sec) Diameter (m) Diameter (m)
Deorbit Liquid 298.0 3558.4 1.2 0.028 0.254
Ascent Solid 2343 2902.7 1.22 0.0008 0.180
Rendezvous Liquid 298.3 1170.1 0.40 0.0146 0.188
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Table 6. Power Requirement and Battery Selection

Phase of Power Required Control Time (min) Energy
Mission to maintain at Power (W) Required (J)
293 K (W)
Descent to 1 250 30 20.47 67,551
1to3 10.0 30 490 11,760
On the ground Day. 25.76 30 490.00 1,639,340
Night: 47.78 30 490.00 2,286,730
Drill 200.0 15 180,000
Ascent S to 8 126 30 22.00 56,236
Total Energy Required: 4,241,616
Battery Selected:  EPI 4445 with 20 amp/hr at 28 V
SZHR 7.0 with 7.0 amp/hr at 1.5 V/cell
Total Battery Weight: 20.75 kg
OTHER OTHER
INPUTS OUTPUTS
TEMPERATURE SENSORS ACTUATORS
POWER HEATING
SUPPLY coiLs

~———— DIRECTION OF INFORMATION TRAVEL

Fig. 8. A Block Diagram of the Thermal Control System

detailed computational fluid dynamics analysis could provide
much better insight.

Propulsion Systems

As mentioned before, ideal gas assumptions are used
throughout the analysis.

Thermal Control

In nearly all calculations performed on the MSP thermal
environment, steady-state is assumed. Thus, thermal inertia and
transient response of individual components of the MSP were
neglected.

Conclusion

This preliminary study of an interplanetary exploration
mission has shown the feasibility of such a mission. The
students have learned valuable lessons about the complexity
of spacecraft design, even though the mission is relatively
simple.
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POSTLANDING OPTIMUM DESIGNS FOR THE
ASSURED CREW RETURN VEHICLE .
N9O1-18126

UNIVERSITY OF CENTRAL FLORIDA

The optimized preliminary enginecering design concepts for postlanding operations of a water-landing
Assured Crew Return Vehicle (ACRV) during a medical rescue mission are presented. Two ACRVs will
be permanently docked to Space Station Freedom, fulfilling NASA's commitment to Assured Crew Return
Capability in the event of an accident or iliness. The optimized configuration of the ACRV is based on
an Apollo command module (ACM) derivative. The scenario assumes landing a sick or injured
crewmember on water with the possibility of a delayed rescue. Design emphasis is placed on four major
areas. First is the design of a mechanism that provides a safe and time-critical means of removing the
sick or injured crewmember from the ACRV. Support to the assisting rescue personnel is also provided.
Second is the design of a system that orients and stabilizes the craft after landing so as to cause no
further injury or discomfort to the already ill or injured crewmember. Third is the design of a system
that provides full medical support to a sick or injured_crewmember aboard the ACRV from the time
of separation from the space station to rescue by recovery forces. Last is the design of a system that
provides for the comfort and safety of the entire cré t splashdown up to the point of rescue. The
four systems are conceptually integrated into the ACRV.

INTRODUCTION

For years, America’s journey into space has demonstrated the
benefits associated with working in the unique environment
of microgravity. Continuing in this tradition, humans will soon
faunch an ambitious and far-reaching program to further the
advancement of space technology. With the advent of Space
Station Freedom, the US. will enter an era marked by a
permanent presence in space. Moreover, the space station will
allow continuous rather than intermittent operations to be
conducted in orbit. The space station will open doors to many
new methods of research and experimentation. Furthermore,
humans will have a better opportunity to observe the Earth
and forecast future trends from a vantage point only partially
exploited by previous shuttle missions.

Space Station Freedom will eventuaily be permanently
manned by a crew of eight. The crew will be rotated and
resupplied by flights of the orbiter on an interval currently
planned for three months''. Due to the isolation and
potentially hazardous conditions involved in space operations,
NASA is committed to the policy of Assured Crew Return
Capability for Space Station crews in the event: (1) a medical
emergency occurs and an ill, injured, or deconditioned
crewmember must be rapidly transported from the Space
Station to a definitive health care facility on Earth; (2) a Space
Station catastrophe forces a rapid evacuation of the crew from
the station; or (3) the National Space Transportation System
becomes unavailable, and an orderly evacuation of the crew
from the Space Station becomes necessary. These events, or
Design Reference Missions (DRMs), can be met by a concept
known as the Assured Crew Return Vehicle (ACRV). Currently,
NASA is considering three classes of ACRVs: water landers,
runway landers, and open land, or nonrunway, landers.

The task objectives detailed in this report, will be limited
to those required for a water-landing ACRY, medical and crew
support subsystems, and postlanding operations. Some of the
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medical and crew support subsystem designs will also support
in-fight operational requirements. All designs presented follow
the performance requirements and operational constraints
supplied in JSC-31017 “CERV Systems Performance and
Requirements Document.”

DESIGN CONSIDERATIONS

The ambulatory nature of returning an ill, injured, or
deconditioned crewmember back to Earth aboard a water-
landing ACRV requires new technologies and operational
procedures. The possibility of further injury or illness would
compromise the mission. Following are general design
considerations associated with the Apotlo-based ACRV from the
point immediately after splashdown to rescue by recovery
forces.

The first major concem is providing crew egress and rescue
personnel support subsystems. These subsystems include an
emergency egress couch (EEC), a mechanism for removing the
couch safely, and the necessary hardware for the assisting
rescue personnel.

The EEC plays a vital role in the medical portion of the ACRV
mission. The EEC must insure the safety of the sick or injured
crewmember throughout all phases of the return mission. The
design provides for the immobilization of the injured
crewmember in a fully supine position from the hips up.
Provisions are made to incorporate the necessary equipment
in the couch to sustain the injured crewmember throughout
the mission. The design insures the sick or injured crew-
membser is protected from the sea environment during egress.

The mechanism required to safely and quickly remove the
EEC is termed the Rapid Egress System (RES). It must insure
the minimum trauma removal of the sick or injured crew-
member from the ACRV without endangering the rest of the
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crew or rescue personnel. The RES is designed to include
features that allow the couch and the injured crewmember to
be safely transferred t0 a rescue vehicle. The design must
provide the means for displacing the couch a safe distance
from the ACRV.

The incorporation of a rescue personnel support (RPS)
system is mandated by the necessity to provide for the safety
of the rescue personnel and crewmembers. Strategic place-
ment and accessible design of handholds, supports, and
platforms used by the rescue personnel facilitates the
successful manipulation of the craft and medical couch during
recovery operations.

The second major concern is the proper orientation, attitude
control, and stabilization systems required for the ACRY in the
marine environment. Experience gained from previous Apollo
water landings has shown that some sea and weather
conditions cause severe discomfort to the crew. In the case
of an injured crewman, this could cause further aggravation
of an already existing injury, or even death. Instabilities of yaw,
pitch, and roll motions of the ACRV also cause the attending
crewmember to be ineffective. A more serious problem ariscs
if the ACRV lands in an inverted position. Rescue is impossible
if the craft remains in this orientation.

The objective of the ACRV orientation system is to ensure
an upright postlanding orientation. ACRV vehicles may have
multiple stable positions, with only one being the preferred.
The Apollo craft had both Stable-1 (upright) and Stable-2
(inverted) positions during its postlanding mission phase. The
Apollo landed approximately 50% of the time in the Stable-
1 (preferred) position and, therefore, required a change of
orientation nearly 50% of the time.

The attitude system is more than an extension of the
orientation system. It provides an assisting buoyant force to
counter the weight of the ACRV, which is approximately
10,000 Ib. The system raises and maintains the ACRV high
enough above the water to allow safe crew egress and rescue
support. The planform area of the craft (the total area as seen
from above) increases as it assumes the postlanding position.
This increases the moment required, through wave action, to
tip the ACRV over to an undesirable position. The attitude
system also furnishes an area on which rescue personnel can
safely work on the craft and place any necessary equipment.

The objective of the ACRV stabilization system is to provide
for the stabilization and damping of the rotational and linear
motions induced through sea and weather conditions. These
motions are roll, pitch, and yaw for rotational motions and
heave, surge, and sway for lincar motions. Considering the
circular symmetry of the Apollo design, roll and pitch can be
considered the same motion.

The range of motion to be stabilized is characterized by the
frequency of the disturbance. Vibrations due to ocean-wave
excitation of a hull occur primarily at fundamental frequencies
between 1 and 3 Hz. The resonant frequency of a human is
approximately 2-5 Hz?). This places the frequency range of
the disturbances within the resonance frequency range of a
human, which may tend to stimulate motion sickness of the
crewmembers.
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The circular symmetry of the proposed ACRV presents a
problem that is not encountered with typical ocean vessels.
The roll in a ship only manifests itself in one direction, a plane
normal to the deck. The motion of an ACRV is characterized
by roll and pitch and may occur in any plane normal to the
craft planform area. The stabilization systems developed for the
control of ship roll only work for one direction’*’. The ACRV
needs systems to dampen motions in all directions. This
requirement limits the feasible choices for an effective ACRV
stabilization subsystem.

The third major concern is associated with providing full
medical support to an ill, injured, or deconditioned crew-
member aboard the ACRV from the time of separation from
the Space Station to fescue by recovery forces. While living
and working on the Space Station, the astronauts will be
involved in extravehiclar activities and other demanding jobs.
It is likely an injury may occur that requires emergency medical
care available only at a hospital on Earth.

Since the ACRV must bring an injured crewmember back
to Earth safely, it must be designed and equipped to handle
any possible medical emergency. It must provide full medical
support to a seriously ill or injured crewmember and partial
support to a crewmember with minor injuries during the time
period between separation from the Space Station to crew
recovery on Earth,

The medical support subsystems must be as simple and casy
to use as possible. In the case of an emergency, the astronauts
should not spend time making the medical systems work
properly. If the crew has been in space for an extended period
of time, they will be deconditioned and not function well in
the gravity of Earth without assistance. Another major
requirement is that the medical support subsystems be capable
of operating without adverse effects on other ACRV subsystems
or the ACRV crew compartment and environment.

The medical equipment for the ACRV consists of the devices
needed to maintain and/or monitor the crewmember's
condition. The minimum medical equipment to be incorpo-
rated into the ACRV includes defibrillator/heart monitor, IV
pump, ventilator, blood pressure monitor, portable suction,
and blood oxygen monitor.

Since the EEC is a self-contained system, the administration,
control, and removal of oxygen will be emphasized at the seat
locations. The seat locations differ from the couch location in
that a crewmember may need only pure oxygen administered
at the seat and not require use of the EEC.

Finally, the fourth major concern is providing for the comfort
and safety of the entire crew from splashdown to the time of
rescue. The rescue team may not arrive at the craft for an
extended period of time. Therefore, maintaining the comfort
and health of the crew within the ACRV is necessary. If the
ACRY and its crew must remain on the water for 24 hours,
then food, water, and waste management systems need to be
incorporated. An atmospheric and environmental control
system to maintain a shirtsleeve environment also needs to be
incorporated.

Providing a food supply for the ACRVY system is important.
Although humans can survive for weeks without food, ill,
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injured, or deconditioned crewmembers may suffer if proper
nutrition is not provided. Factors used in choosing ACRV food
supply systems include shelf life, nutritional value, weight, size,
taste, and system complexity.

Water is important to the crew for consumption and
washing. Requirements for the amount of drinking water vary.
Factors used in choosing water systems candidates are size,
weight, complexity, and existence of the needed technology.

Waste management is important to the ACRV systems to
provide for crew comfort and to prevent contamination.
Factors used to choose the system types are weight, size,
complexity, simplicity, and existence of required technology.
Convenience is also considered since experience has shown
that inconvenient waste elimination systems encourage the
desire to avoid these systems by not eating or drinking.

The atmosphere inside the ACRV will conform to conditions
present on Earth at sea level. This means the O,-N, mix will
be 20-80%, and the cabin pressure will be set at 14.7 psi.
Systems used can be modeled after the atmosphere systems
of the Skylab, space shuttle, and Hermes (Furopean Space
Plane ) vehicles.

The contaminant control system removes known contami-
nants, odors, and CO, from the atmosphere aboard the ACRV.
A most challenging task is the postlanding control of
temperature, humidity, and ventilation. The regulation of these
environmental components is a crucial factor in the success
of the ACRYV in the ambulatory mission.

When the craft lands, it is assumed that all avionics systems
will be turned off except for a position beacon and local two-
way communications equipment. The life support electronics
are all solid-state low-power systems. Therefore, the initial
thermal model will only include the body heat generated by
a crew of two, which can be estimated using ASHRAE tables‘*).
Body heat production is highly dependent on the activity level.

The primary problem with postlanding spacecraft tempera-
ture controls is that the mode of heat expulsion used in space
will not work on the Earth’s surface. The heat expulsion system
in space takes advantage of the low temperature in the shade
from the sun and near-vacuum air pressures. The radiators are
usually mounted on the inside of the craft’s skin to route the
coolant fluid as close as possible to the radiative surface, the
craft’s outer skin. The coolant leaves the radiators and flows
through the flash evaporators. When the radiators cannot expel
the total heat load, the flash evaporator is activated. Cooling
is accomplished by throttling liquid water to the near-vacuum
pressure of space. The water boils and the steam is expelled
from the craft. The latent heat of steam and the mass transfer
from the craft completes the heat expulsion process.

During reentry, the radiators become less effective due to
the heating of the craft's skin and the increase of the
atmospheric temperature. In addition, the flash evaporator
becomes less effective since the atmospheric pressure
increases as the ship descends. At 100,000-ft elevation, the
space cooling system becomes ineffective.

The time period of concern for this section of investigation
begins when 