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Reynolds Number Influences In Aeronautics
Introduction and Executive Summary

D. M. Bushnell
Fluid Mechanics Division

Reynolds number, a measure of the ratio of inertia to viscous forces, is a
fundamental similarity parameter for fluid flows and, therefore, would be
expected to have a major influence in Aerodynamics and Aeronautics.
Reynolds number influences are generally large, but monatomic, for attached
laminar (continuum) flows; however, laminar flows are easily separated,
inducing even stronger, non-monatomic, Reynolds number sensitivities.
Probably the strongest Reynolds number influences occur in connection with
transitional flow behavior. Transition can take place over a tremendous
Reynolds number range, from the order of 20x103 for 2-D free shear layers up

to the order of 100x106 for hypersonic boundary layers. This variability in
transition behavior is especially important for complex configurations where
various vehicle and flow fleld elements can undergo transition at various
Reynolds numbers, causing often surprising changes in Aerodynamic
characteristics over wide ranges in Reynolds number. This is further
compounded by the vast parameterization associated with transition, in that
any parameter which influences mean viscous flow development (e.g. pressure
gradient, flow curvature, wall temperature, Mach number, sweep, roughness,
flow chemistry, shock interactions, etc. and incident disturbance flelds
(acoustics, vorticity, particulates, temperature spottiness, even electro static
discharges) can alter transition location to first order. The usual method of
dealing with the transition problem is to trip the flow in the, generally lower
Reynolds number, wind tunnel to simulate the flight turbulent behavior.
However, this is not wholly satisfactory as it results in incorrectly scaled
viscous region thicknesses and cannot be utilized at all for applications such as
turbine blades, and helicopter rotors, nacelles, leading edge and nose regions
and High Altitude Long Endurance and hypersonic air-breathers where the
transitional flow behavior is an innately critical portion of the problem.

Variations in transition behavior typically produce Reynolds number variation
in lift, drag, stability and control, propulsive performance integration, heat
transfer, and dynamic loading. Even if the flow is turbulent, Reynolds number
effects are still non-negligible. The order of 100 viscous layer thicknesses are
usually required downstream of the nominal end of transition before the
transitional flow dynamic "artifacts" relax and a "fully turbulent” behavior is
reached.

The relative importance/magnitude of Reynolds number effects due to viscous
interactions also varies with speed range, being, in general, strongest in the
transonic and hypersonic flight regimes due to the extraordinary area ratio
sensitively in the former and thick viscous regions in the latter. Compounding
the problem is that, in some cases, reported "Reynolds number effects" are in



fact spurious and due to "test technique” problems such as roughness, stream
distortions or disturbances ("flow quality”), tunnel wall interference, sting
interference, model wall temperature changes (esp. for cryo tunnel testing and
hypersonic speeds), aeroelastic effects and 3-Dimensional effects (in "2-D"
tests).

Key recommendations regarding Reynolds number related research problems
and issues include the following:

1. Increased and continuing efforts in physical modeling of transition and
turbulence for 3-D flows (including chemistry and radiation effects for
Hypersonics) and in reduction of spurious Reynolds number effects via
improved test techniques.

2. Correct the tremendous (order of magnitude) shortfall in Reynolds number
ground test capability for the high-lift problem via development of a
reasonable dynamic pressure facility including consideration of a "heavy
gas" option and utilization of model wall temperative tailoring to aid in
viscous layer simulation (for the heavy gas case).

3. Investigate circulation control for CTOL high-lift which, among many other
benefits, should severely reduce the Reynolds number sensitivity of the
high-lift system operation.

4. Investigate, in detail, the physics associated with the surprising
configuration Reynolds number effects which are being measured in NTF at
relatively high Reynolds numbers. This should involve considerable CFD
and experimentation in the .3M or both unit and combinational problems
which are suspected to be responsible for the observed variations in
conflguration performance.

5. Conduct investigations of the Reynolds number variability/sensitivity of 3-D
separated and longitudinal vortical flows. Such sensitivities are largely
unknown and usually large where known and are required for many
applications including HSCT, high alpha and wake vortex hazard.

6. Develop wind tunnel simulation techniques to allow evaluation of CTOL
performance with HLFC in conventional (non-low disturbance) ground
facilities. Candidate approaches include "over suction” through fine holes to
maintain laminar flow in the presence of strong background disturbances
and suction of turbulent boundary layer upstream of the wing shock to
simulate the correct (HLFC) boundary layer momentum deficit entering the
shocked region.

7. Improve CFD (speed, geometry, physical modeling) to the point where
meaningful system analyses can be made of advanced configuration

concepts which offer large (factors of 2+) increases in lift to drag ratio for
both CTOL and HSCT.



Reynolds Number Sensiivities In Longitudinal Vortex Flows

by D. M. Bushnell
Fluid Mechanics Division

Obvious sources of Reynolds number effects on vortex initiation include .
alteration of the thickness and structure of the initial viscous regions which
"feed” the vortex, as well as the overall issue of whether the incident viscous
flow is laminar, transitional or turbulent. The streamline skewing which
occurs during vortex formation would be expected to induce, via crossflow
destabillization, transition in the incoming boundary layers are initially
laminar. Unfortunately, this problem of transition during vortex formation,
as well as transition processes within developed or developing vortices has
been little studied thus far, although isolated vortex stability has received
considerable attention. Reynolds number effects on vortex behavior
subsequent to formation can result from vortex instabilities, transition
processes, transitional flow regimes, and turbulence structure variations
within a developing and developed/decaying vortex. If the vortex is
subjected to the influence of bounding or free-stream turbulence fields then
there may be other Reynolds number effects associated with the dynamics of
such imposed fields, or other boundary conditions.

Early conventional wisdom, gleaned primarily from sharp edged delta wing
experiments, indicated that initial vortex formation, subsequent vortex
Interactions, and pressure gradient-induced vortex busting are not
qualitatively influenced, to first order, by Reynolds number (e. g., ref. 1, 2).
For example, the trailing edge vortex breakdown condition for a delta wing

indicates similar behavior over a factor of 103 in Reynolds numbers (from
low-speed water tunnel conditions to flight, ref. 2). See ref. 3 for a similar
result on the F-18 Fighter. However, in the absence of appreciable imposed
pressure gradients, the vortex core Reynolds number dominates vortex core
behavior. In fact, "Core dynamics, almost completely ignored in previous
research, is very important in Vortex Dynamics" (ref. 4). Also, Reynolds
number effects are important for blunt leading-edge wings (see ref. 5), and
bodles at angle-of-attack where the separation process is more gradual,
compared to the sharp leading edge/salient edge case, especially for lower
angle-of-attack (see ref. 6). For these latter condition low Reynolds number
information is viewed as of qualitative interest only (e. g.. ref. 2) due to the
direct Influence of the initial and subsequent body boundary layer growth. In
fact, relatively strong Reynolds number effects on vortex position have been
noted in flight experiments for the rounded leading edge/cambered delta
wing case (ref. 7, 8).

Relatively strong Reynolds number effects have also been observed even for
relatively sharp leading-edge single and double delta configurations wherein
the number, positions and interactions of the vortex systems produced
altered significantly between Reynolds numbers of 0(104) to 0(106) (ref. 9).
These latter results along with those of ref. 10 and 11 tend to confirm the



remarks of ref. 12 made after study of the available quantitative data over
slender wings including data for such quantities as vortex trajectories,
vortex axial velocity, vortex burst location, and transverse forces, "flows over
low aspect ration swept leading-edge wings with vortices over them are very
strongly influenced by viscous effects; and are therefore, strong functions of
the Reynolds numbers of the flows." The argument being that even with
separation fixed the extent of the vortex is still a viscous-dominated
problem. In addition, reference 13 concludes that "the form of these
(separated) 3-D flow patterns are much more sensitive to Reynolds number
than two-dimensional ones.” Both computations and experiments indicate
that the details of the secondary vortex systems induced on the wing by the
primary vortices are also Reynolds-number sensitive to a moderate degree,
which in turn alters the location of the primary vortex (e. g., ref. 14).

There is also considerable evidence that the nature and behavior of the wing
tip trailing vortex system for high-aspect-ratio wings is Reynolds number
dependent, with large differences In vortex Reynolds-number, and hence,
turbulence stress level and decay rate between ground facilities and flight (e.
g., refs. 15-22). The turbulence structure for wing-tip vortices in particular,
and longitudinal vortices in general, is influenced to first order by
streamline curvature effects. The overall effect is a stabilization of the
corean annular ring of turbulence between the outer, "superlayer" boundary
of the vortex turbulence field and this inner core of relatively quiescent fluid
(ref. 23, 24 and 25-27). However, increased vortex core regime mean shear
in the longitudinal velocity component can evidently increase production in
the core regime sufficiently to overcome the stabilizing effects of curvature
and provide increased vortex dissipation. The presence of large streamline
curvature effects in longitudinal vortices precludes use of simplex eddy
viscosity turbulence closures/models. The Reynolds stress equation
("second order closure”) approaches are the lowest order closure which
includes such effects (e. g., refs. 23, 24 and 28, 29).

Probably the largest, or certainly one of the most dramatic, vortex Reynolds
number effects occur in the asymmetric nose vortex problem, where
asymmetric differences in transition and their Reynolds number influenced
behavior can alter the resultant side forces to first order, refs. 30 and 31-34.
In junction flows, both experiment and horseshoe vortices produced in the
nose region (ref. 35, 39), changes the interference heating rate (ref. 40) and
alters the vortex shape and position (ref. 37 and 41).

Overall, to put it charitably, the Reynolds number sensitivities of vortex flows
have not yet been well mapped. Zeroth order, longitudinal vortices have
been easy to induce and many of their qualitative features could be deduced
from inviscid theory. However, detailed quantitative prediction and design,
optimization and control of longitudinal vortices requires a level of
understanding and knowledge regarding vortex viscous flow behaviors which
we are just beginning to understand the nature of. As an example, detalls of
the vortex initiation process can alter the vortex 3-D mean velocity fleld,
which will subsequently influence the vortex turbulence field and interaction



with surfaces, shocks, other vortices, etc., as well as stability. As stated
previously, systematic information is lacking regarding non-linear transition
and transitional regimes underneath (during surface interaction/formation)
and within (see ref. 42) longitudinal vortices, as well as the turbulence
structure and modeling for such flows. We are just beginning to seriously
develop the requisite Reynolds stress equation closures. Vortex formation is
often observed to occur as an amalgamation process (e. g., refs. 43-46) or in
a distributed fashion (e. g., ref. 7, 8) and can be a sensitive function of
geometric details which typically differ between the research laboratory and
industrial practice/application (ref. 42). Also, the Reynolds numbers of
many applications are considerably greater than those available in most
laboratory flows, particularly for the facilities typically utilized for flow
visualization. This sizable difference in Reynolds number may be at least
partially responsible (along with differences in detailed geometry) for
discrepancies between the laboratory and application (e. g.. ref. 48).
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Reynolds-Number Effects in High-Lift / High-Angle-of-Attack Aerodynamics
Long P. Yip, Chung-Sheng Yao, and John C. Lin

ABSTRACT
In this chapter, the state of technology of Reynolds-number effects on high-lift and
high-angle-of-attack aerodynamics is assessed, and recommendations for future research
are made. The following areas of high-lift or high-angle-of-attack aerodynamics are
surveyed: 1) aerodynamic problem areas that are dependent on Reynolds numbser to the

first order, 2) flow physics for the Reynolds number dependence, if known, and 3) future

INTRODUCTION

Accurate predictions of aerodynamic characteristics for flight at high-lift and high-
angle-of-attack conditions continues to be a problem for the aircraft desi gner because of the
limited understanding of the complex flow physics and associated scale effects at these
conditions. For advanced subsonic transport design, predictions of surface-pressure
distributions, boundary-layers, separated-flow regions, and wake vortex characteristics are
critical in the design of efficient high-lift systems, Likewise, for fighter confi gurations,
predictions of vortical flow and massive separation Characteristics are critical in the design
of aircraft stability and control characteristics at high angles of attack. These critical flow
parameters (i.e., boundary-luycr transition, turbulence, merging wakes, separation, and
vortical flows) are highly sensitive 10 Reynolds number.

The purpose of this chapter is 10 address scale-effects issues in the areas of high-lift and

high angle-of-attack aerodynamics, The following areas of high-lift or hi gh-angle-of-attack



aerodynamics are surveyed: 1) aerodynamic problem areas that are dependent on Reynolds
number to the 1st order, 2) flow physics for the Reynolds number dependence, if known,
and 3) future research required to address Reynolds number issues and challenges. In this
chapter, a limited technology assessment is presented on Reynolds-number effect in the
area of high-lift and high-angle-of-attack acrodynamics, and recommendations for further

research to advance the state-of-the-art are presented herein.

CURRENT UNDERSTANDING OF THE PROBLEM

Currently, the effects of Reynolds numbers on flows at high-lift and high-angle-of-
attack conditions are not fully understood due to limitations in experimental and
computational capabilities which have hindered the modeling of the fundamental viscous
flow physics for accurate flow predictions. Experimentally, wind tunnels are generally
limited in their capability to test over the broad range of Reynolds numbers while holding
Mach number constant. Notable exceptions to this limited capability at Langley are the
National Transonic Facility (NTF) and the Low-Turbulence Pressure Tunnel (LTPT),
however, most tests in these facilities are directed towards configuration studies and not
necessarily studies on flow physics to investigate Reynolds-number effects. Flight
experiments provide full-scale conditions, however, availability of detailed data for code
validation and for scaling wind-tunnel results to flight has been very limited perhaps
because of the perceived difficulty and costs in obtaining flight data. Computationally,
advanced codes have been limited in their prediction capabilities by the lack of transition
and turbulence modeling for accurate attached and separated flow calculations. In order to
better understand the flow phenomena, more detailed data over a larger range of Reynolds
numbers are needed for correlation and validation of the design methods. The availability
of detailed measurements of pressure distributions and viscous flow p'arameters at flight
Reynolds numbers is critical to the evaluation of computational methods and to the

modeling of turbulence structures for closure of the flow equations. Most of the available

10



wind-tunnel investigations for detailed flow measurements of the turbulent Reynolds-stress
components have been conducted at sub-scale Reynolds numbers although this data is very
useful for code calibration and validation. In addition, availability of detailed flight data for
code validation and wind-tunnel correlation has been very limited, and further
understanding of scale effects on 2-D and 3-D sub-scale wind-tunnel results is required to

accurately extrapolate to 3-D full-scale flight conditions.

Reynolds-Numbers Effect on High-Lift Aerodynamics
The flow field around a multi-element wing with sweep is characterized by several
aerodynamic properties which are highly complex in nature and presently not well
understood. The complexity of the multi-element flow field has generally limited the
measurements and analyses to two-dimensional studies. Although two-dimensional studies
address most of the dominant multi-element flow issues, many three-dimensional issues
remain unaddressed by these studies. Some of the dominant two-dimensional, multi-
element flow features include the following (sec Fig. 1):
* compressibility effects including shock/boundary-layer interaction near the slat
leading edge;
¢ laminar separation-induced transition on the upper surfaces;
* confluent boundary layer(s) - the merging and interacting of wakes from upstream
elements with the boundary layers of downstream elements;
* cove separation and reattachment; and,
* massive flow separation on the upper surfaces of the wing/flap elements
Three-dimensional multi-element flow issues include the following:
* leading-edge attachment-line transition;
* relaminarization of the flow in the leading-edge region;

* crossflow transition downstream of the attachment line;

11



« sweep effects on confluent boundary layer development, turbulent boundary layer
separation, and separated cove flows; and l

* highly three-dimensional, local flow modifications, e.g., vortex generators on
engine-nacelle and wing surfaces, finite-flap span edge, flap-track fairings, engine
pylons, and landing gear strut.

Scale effects associated with high-lift flows were classified by Woodward, Hardy, and
Ashilll into five categories - 1) conventional, 2) bubble-dominated, 3) slot-flow dominated,
4) 3-D transition dominated, and 5) vortex dominated. These flow issues are closely
interrelated and are highly dependent on Reynolds numbers. For example, viscous flow
separation depend on Reynolds number to the 1st order and consequently determines the
lift curve shape and attainable maximum lift. Generally, maximum lift of a single-element
airfoil increases with Reynolds number due to conventional scale effects where separation
is determined by the behavior of the turbulent boundary layer near the trailin g-edge. On the
contrary, maximum lift of multi-element airfoils does not follow such a predictable trend
where maximum lift increases with increasing Reynolds number (for example, see data of
Valarezo et al.2, shown in figure 2).

The laminar separation bubble that typically occurs in low Reynolds numbers can lead
10 erroneous extrapolation of maximum lift as illustrated in Figure 3.! The rapid change in
CLmax near a Reynolds number of 3.2 million results from a bubble-dominated scale effect
that was replaced by a conventional scale effect; i.e - the stall pattern changing from a short-
bubble leading-edge flow separation to a turbulent boundary-layer separation of the trailing
edge. Interestingly, even when the transition was fixed (at Reynolds number of about 2.1
million) in an attempt to produce more representative stall patterns at higher Reynolds
number by suppressing the bubble burst, the resulting change in Crmax Was small. An

apparent, but incorrect, conclusion would be that this geometry is not scale sensitive. The
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data clearly points out the dangers of relying on low Reynolds number data to design wings
for maximum lift.

Another high-lift flow phenomena, called the slot-flow dominated scale effect by
Woodward et al.! or the inverse Reynolds-number effect by Morgan et al.3, is highly
dependent on Reynolds number and causes difficulty for the designer to optimize slot gaps
for maximum performance. The data of figure 4 illustrates this effect. At lower angles of
attack, Cy, decreases as Reynolds number is increased. This reduction in lift is a result of
the thinning of the boundary-layer thickness as Reynolds number is increased and thereby
increasing the effective slot gap. The effect of increasing the effective slot gap is to reduce
the wake/flap interaction, thereby increasing the flap suction peak, and consequently leads
to premature flap boundary-layer separation at lower angles of attack. However, at angle
of attack near maximum lift, the increasing boundary-layer thickness with increasing
Reynolds number suppresses the trailing-edge separation, thereby delaying stall of the flow
and generating higher maximum lift. Again, the data point out the dangers of relying on
data taken at sub-scale Reynolds numbers without a more complete understanding of the
flow physics and the Reynolds-number effects.

The confluent boundary layer that forms when upstream wakes merge with
downstream boundary layers also significantly influences the aerodynamic performance of
high-lift systems. The formation of confluent boundary layers, which is dependent on
Reynolds number, gap size, angle of attack, and Mach number, is always turbulent in the
Reynolds number range of interest. Depending on the placement of the elements relative to
each other, the wake/boundary-layer interaction can behave inviscidly and not closely
coupled, or the interactions can be highly viscous such as in a confluent boundary layer.
Strong interaction between the wake of the upstream element with the boundary layers on

the downstream elements can significanily influence the separation phenomena of a lifting

13



system. The confluent boundary layer has been studied in a limited number of experiments
and only at sub-scale Reynolds numbers and in two-dimensional flow conditions. 36,7

In three-dimensional flows, transition can occur at higher Reynolds numbers at the
attachment line near the leading edge, thereby, significantly influencing the downstream
flow field, i.e. - confluent boundary layers and separated flows. Swept-wing, wind-tunnel
experiments8:? and flight measurements!? on the state of the boundary layer over the swept
leading edges of high-lift configurations reveal the presence of laminar, transitional, and
turbulent flows along the attachment-line of the slat and fixed leading edge at certain
conditions. An illustration of the transition mechanisms for swept wings as a function of
Reynolds number was discussed by M.G. Hall et al.!! and is illustrated by figure 5 as
presented in A. Elsenaar's paper.!2 Depending on the pressure-distribution shape, leading-
edge sweep angle and Reynolds number, the attachment line can be laminar, transitional, or
turbulent.13:14 A possibility exists for relaminarization of the chordwise flow downstream
of a turbulent attachment line if the streamwise flow acceleration is sufficiently strong.!5,16
Boundary-layer crossflow is the primary cause of laminar instability and transition for
swept wings without boundary-layer suction at cruise conditions,!?>18 however, the
presence and significance of crossflow instability and crossflow-induced transition along
the leading edges of a swept high-lift system had not been studied with boundary-layer
stability theory until recently by Vijgen et al.19 Previous experience suggests that
crossflow growth does not necessarily limit the amount of laminar flow achievable for
these conditions.20:2! If the flow ahead of the sharp adverse pressure gradient along the
upper surface of the elements is laminar, significant Reynolds-number effects can occur
due to the presence or absence of a laminar-separation bubble in this region. High-
Reynolds-number wind-tunnel tests on swept wings indicated that maximum-lift losses of
the order of 10 percent occurred when transition occurred in the lcading-edge region.? In

the recent analysis of the relaminarization issue by Vijgen et al.!? using linear three-
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dimensional stability methods on a multi-element transport wing with 25° sweep,
relaminarization of the upper-surface leading-edge flow was predicted along the upper
surface of each element, including the fixed leading edge behind the slat element. Based on
these results, laminar-separation bubbles may also occur in flight on the upper surface of
the elements. This issue is of significant importance in the extrapolation of sub-scale three-
dimensional wind-tunnel results to flight Reynolds numbers, as well as in the analysis of

flight experiments using computational methods.

Reynolds-number effects on Wake Vortices

Aircraft wake vortices dictate safe in-trail separation distances for aircraft in the terminal
area and impose a limit on airport capacity. During the wake vortex program of the 1970’s
there were many experimental programs to measure various aspects of wake vortices.22.23
These programs were conducted in many different wind and water tunnels and in flight.
Many different test techniques were used because of the difficulties of making wake
measurements and relating them to a hazard on another airplane. These measurements
range from detailed velocity measurements in a vortex to integrated measurements such as
the rolling moment imposed on a model placed in the wake of another model.
Measurements taken with similar techniques in similar facilities tended 10 agree with each
other in most respects. However, there is a fundamental difference in vortex decay trends
between ground and flight tests illustrated in data published by Greene et al.24 and shown
herein as figure 6. All of the data are for a comparable pair of models or aircraft. The data
points are the measured rolling-moment coefficient on the following aircraft as a function of
the real or scaled separation distance between the two aircraft. The low-Reynolds-number
data from ground facilities show a steady decrease in rolling moment with increasing
distance. This is consistent with the prevailing view that vortices decay from the inside
with the core size growing and maximum velocities decreasing. The high Reynolds

number flight data show a different trend with the rolling moment constant or even
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increasing with distance. Some of the mechanisms for this type of decay are now better
understood and are published by Greene.25 One mechanism is illustrated in the Greene's
paper and is shown in figure 7 by the equation for the polar moment of vorticity and its rate
of change in a vortex. The polar moment is roughly proportional to the core size of a
vortex. As the sketch indicates, the flow field is symmetric right to left but not top to
bottom. The first term in the rate of change equation is due to this vertical asymmetry and
the other is twice the product of the viscosity and vortex strength. At high Reynolds
number the asymmetry term can apparently be the dominant term while the viscous term is
dominant at low Reynolds numbers. Currently, there is no viscous computational method
which can completely predict these effects. Accurate prediction of wakes is especially
important for high lift design since subtle changes in span loading can create a wake which

emphasizes the asymmetric term during rollup.

Reynolds-number effects on High-Angle-of-Attack Aerodynamics

The most severe limitations to the usefulness of predictive methods for the analysis of
stall/spin behavior are the effects of Reynolds number and Mach number.26 The high-
angle-of-attack aerodynamics of modern fighter configurations are dominated by vortex
flows emanating from the forebody, wing, and wing-leading-edge extensions. The
development, interaction, and breakdown of these vortices can produce highly complex,
nonlinear acrodynamics that are hard to predict and design for. Because of the relatively
long moment arms of modem fighters between the nose forebody and the aircraft center of
gravity, acrodynamic forces produced by vortical flows at high angles of attack or angles of
sideslip can significantly impact the stability and control characteristics of the configuration.
The current development process for high-angle-of-attack acrodynamic design involves
many levels of testing and validation from preliminary design to production. Key elements
in providing effective design for high-angle-of-attack aerodynamics include improved

understanding of the flow physics and improved acrodynamic design/ prediction/ analysis
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techniques which include advanced computational fluid dynamics (CFD) methods.2” To
address these challenges, research efforts involving CFD28.29.30, wind-tunnel3], and flight

activities32 are being conducted in a broad and coordinated program.

Reynolds-number effects on Smooth-Sided Forebodies

Current research in high-angle-of-attack acrodynamics have shown large Reynolds-
number effects in both experimental and computational results for separated flows over
smooth-sided forebodies. The flow physics are driven by whether the cross-flow
boundary layer at high angles of attack (1) separates in a fully laminar manner, )
separates laminar, then reattaches due to the onset of turbulence in the separated shear
layer, and then undergoes turbulent separation, or (3) transitions to turbulent flow before
any separation has occurred resulting in separation of a turbulent nature. Data illustrating
the impact of Reynolds number on side force generated by an ogive-cylinder body were
published by Lamont33 and is shown herein by figure 8. Strong vortex influences on side
force were exhibited in the high and low range of Reynolds numbers, however, in the mid-
range of Reynolds numbers the vortex influence was minimal. Unfortunately, for typical
models in subsonic and transonic tests, the Reynolds number based on the forebody
diameter falls into this mid-range Reynolds number region. Consequently, test results
obtained in this mid-range Reynolds number region would underpredict the aerodynamic
forces and moments at flight Reynolds numbers. Again, caution is needed to interpret sub-
scale wind-tunnel results.

Since most wind tunnels do not achieve flight Reynolds number values nor include
surface imperfections representative of typical flight vehicles, high-angle-of-attack gritting
strategies are needed to simulate the turbulent boundary-layer separation character
associated with full-scale flight3! Traditionally, a grit ring is applicd around the nose for
simulation of flows at low angles of attack. However, gritting techniques for forebodies at

high angles of attack must account for the cross-flow boundary layer characteristics. In
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research by R. M. Hall et al.,3! gritting strategies for high angles of attack flows on a 6-
percent scale wind-tunnel model of the F-18 aircraft were successfully demonstrated.
These tests demonstrated that gritting patterns were repeatable for different applications and
that the trends for force and moment development were consistent with available high
Reynolds number data. Comparisons of pressure distributions on the gritted forebody with
pressures obtained in flight showed good agreement. High-angle-of-attack gritting
strategies show promise for simulating high Reynolds number flows, however, further
research is clearly needed to validate this transition fixing technique for other high-angle-of-
attack acrodynamic tests. Similarly, simulation of high-Reynolds number conditions for
active manipulation of forebody vortices (e.g. - strake, blowing, suction, etc.) also require

attention.

Reynolds-number effects on Highly-Swept Wings

Highly-swept wing configurations such as those studicd in the High-Speed Civil
Transport (HSCT) program3* or military configurations with wing/strake planforms
produce leading-edge separated flows that form into vortices over the lifting surfaces at
high angles of attack. Complex vortical flow fields and their interactions with aircraft
surfaces can significantly impact the high-angle-of-attack aecrodynamics characteristics such
as longitudinal and lateral-directional stability and control as well as tail buffeting. Some
flow phenomena such as vortical flows breakdown are not dependent on Reynolds number
to the first order while other flow phenomena such as vortex structure and trajectory and
leading-edge hingeline separation are very dependent on Reynolds number.

Boundary-layer separation in the leading-edge region determines the onset of the
formation of the primary vortex.3> For swept wings, the boundary layer state is highly
dependent on leading-edge sweep, Reynolds number, Mach number, and pressure
distribution. The boundary-layer state also influences the formation and the effect of the

secondary separation undemeath the primary vortex. Reynolds-number effects on vortex
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initiation include alteration of the thickness and structure of the initial viscous regions
which feed the vortex, as well as the overall issue of whether the incident viscous flow is
laminar, transitional, or turbulent. In the paper of Woodward et al.!, large variations in
pressure distributions with Reynolds number were observed on a delta wing configuration
even though the overall longitudinal forces and moments did not significantly change. The
data of Woodward et al.! are reproduced herein as figure 9. A turbulent secondary
scparation at the higher Reynolds number apparently shifted the secondary vortex position
to one that is nearer to the leading edge. These results can have significant implications on
the high-angle-of-attack lateral-directional stability and control characteristics. In a study of
vortical flow on the F-106B configuration by Lamar et al.3637, the rounded leading edge
of the 60° sweep delta configuration caused interesting effects due to chan ges in the
Reynolds number. The flight results showed multiple co-rotating vortices to exist above
the wing at the higher flight Reynolds numbers. Ground-based results did not reveal the
multiple vortices that were seen in flight. Photographs of in-flight flow visualization using
natural condensation effects collected in a published paper by Campbell, Chambers, and
Rumsey38 provided additional evidence of vortex substructures at flight Reynolds
numbers. These vortical substructures and muliiple vortices have been generally
overlooked in ground-based experiments, however, knowing their existence in flight, more
recent wind-tunnel and computational research have been conducted to investigate more
closely these vortical-flow phenomena.

Leading-edge flap systems that utilize large deflection angles frequently encounter flow
separation at the flap hingeline with resultant adverse changes to the aecrodynamic
characteristics. The phenomenon has been observed on vortex flap configurations as well
as configurations with conventional flap systems designed to promote attached flows, and

can have a first order sensitivity to Reynolds number.3% Extension of the experimental data

19



base is needed for development and validation of computational codes on leading-cdge

hingeline separation as well as leading-edge vortex flow formation.

Reynolds-number effects on Spin Damping

As aircraft enter into regions of higher angles of attack, spin and spin recovery
characteristics become pertinent, and the acrodynamics of the forward and aft fuselage as
well as wing sections near the outboard tip become very important because of their
influence on spin damping.26 In spinning motion, the side forces produced by the
configuration's cross sections produce either propelling or damping forces to counter the
rotary spinning motions. The forces produced by some cross-section shapes are highly
dependent on.Rcynolds number as illustrated by the data of figure 10. The data show that
the rectangular nose contributed pro-spin forces at low Reynolds numbers and anti-spin
forces at higher Reynolds numbers whereas the circular nose was relatively insensitive to
Reynolds number.

Prediction of spin characteristics is an important requirement for high-angle-of-attack
design. Currently, there is no design methodology for assessing Reynolds-number effects
on spin aerodynamics. Development of an analytical method for determining Reynolds-
number effects on rotary flows and methods for simulating high Reynolds number spin
damping characteristics at low Reynolds number testing are needed to enhance the
effectiveness and efficiency of spin testing and design. Recent advancements in
computational methods using Navier-Stokes solutions for separated flow conditions offer
an opportunity for developing the capability needed to predict Reynolds-number effects on
rotary acrodynamics and to predict spin-damping characteristics of configurations of
interest. Spin-damping data at higher Reynolds number with sufficient flow measurement
details are needed to develop and validate predictive methods. A sysfematic study
involving wind-tunnel and computational methods is needed to advance the state of the art

in the understanding of Reynolds-number effects on rotary flows.
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RECOMMENDATIONS FOR FUTURE RESEARCH

To advance the technological state of the art in understanding Reynolds-number effects
at high-lift and high-angle-of-attack conditions requires intensive research activities.
Currently, flows are not accurately modeled in computational codes as a result of the
complex flow physics at high-lift and high-angle-of-attack conditions. Much of this
shortfall is due to the lack of an experimental data base with sufficient detail and accuracy to
provide for code development and validation. A three-pronged technical approach (see Fig.
11) involving computational fluid dynamics, wind-tunnel, and flight research activities is
recommended. Each sector of research has its own unique contribution to the analysis and
design of aircraft configurations. For instance, flight research experiments can provide
full-scale Reynolds number data for three-dimensional flows on "real-world" surfaces in an
environment relatively free of small-scale turbulence. Wind-tunnel experiments can allow
for a systematic and parametric study of scale effects and their associated flow physics
through the use of varying model size or flow conditions in two- or three-dimensional
settings. CFD can provide analysis of data from flight and/or wind tunnels to bridge the
gap between experimental results obtained at different Reynolds number conditions. CFD
methods can also provide simulation of the flows at conditions hard to obtain
experimentally to provide insight into the flow physics and the design of experiments in
both wind tunnel and flight. Much additional development and validation of the CFD
methods are needed before they can be practically applied to a complete complex aircraft
configuration; however, promising preliminary results indicate that this approach will
ultimately provide a powerful tool for high-lift and high-angle-of-attack aerodynamic
design and will complement the traditional wind-tunnel and flight-test methods as well.
The need 10 understand scale effects for application of acrodynamic concepts on advanced

aircraft design will require additional wind-tunnel, CFD, and flight research in concert with
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each other in order to address and advance the state-of-art technology on full-scale
Reynolds-number effects.

In order to provide for the required database of detailed measurements for correlation
and validation purposes, improvements are needed in facility, flow-visualization and
measurement techniques, and instrumentation capabilitics. New facility capabilities are
required to provide flow phenomena similar to those observed at full-scale flight Reynolds
numbers. Currently, the NTF provides full-scale Reynolds number capability but
accomplishes this capability at high dynamic pressures and cold temperatures. 40 A
problem associated with this type of model testing for high-lift configurations is the strict
aeroelastic deformations requirements for model construction. To help alleviate this
concern, new approaches in wind-tunnel testing such as using heavy gases like Freon or
SFg to obtain high Reynolds numbers need to be investigated.4142 However, because
these heavy gases depart from the perfect gas law criteria used for air, flow similarities
issues need to be addressed in order to establish the appropriate scaling laws. Half-span-
model testing techniques provide increased Reynolds number testing, but several issues
such as wall interference, blockage, and carry-over lift effects will need to be addressed in
order to provide a good correlation with the full-span model. This correlation study would
require use of experiment and CFD to overcome these issucs.

Even with improved facility capability, deficiencics in instrumentation and measurement
techniques hinder the progress in obtaining the required database for modeling of the flow
fields. Traditionally, measurements of forces and moments and pressure distributions are
key measurements in an experiment. More flow parameters such as attachment-line, skin
friction, separation, wake, and turbulence characteristics are desired for understanding of
complex flows. The required database should include off-body flow measurements as well
as surface flow measurements. New and innovative techniques will be required to obtain

this information in a qualitative and quantitative manner. Recently, the use of pressure-
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sensitive paints43 have been studied at various research laboratories and have shown
promise in providing not only qualitative visualization of the flow but also quantitative
pressure distributions. This technique will require further development particularly for
applications in flight tests where temperature and lighting conditions are not as easily
controlled. Other innovative techniques being explored include infrared imaging, laser
doppler velocimetry, particle image velocimetry, doppler global velocimetry, laser skin
friction, and laser light sheet flow visualization techniques.

In order to determine the boundary-layer state of flows for Reynolds number research,
flow measurements will also require dynamic instrumentation capable of handling massive
storage of data with the real-time data analysis capability. This requirement will be
particularly true for flight research where flight time at high-lift or high-angle-of-attack test
conditions are limited. New measurement techniques using miniature sensors for
boundary-layer research have proved promising for measuring stagnation/ attachment-line,
transition, and separation characteristics in wind tunnel and in flight.#445 More sensors
for boundary-layer research need (o be developed where quantitative details of three-
dimensional shear layers and cross-flow transition characteristics are obtained.46 Since
relaminarization and transition issues are significant to maximum lift, measurement of the
transition locations in the leading-edge region of the high-lifi elements are needed both in
wind-tunnel and in flight experiments.

Computationally, advanced CFD methods have provided the designer with greater tools
to analyze designs at high-lift and high-angle-of-attack conditions. These CFD tools need
to both augment and improve the overall design process for high-lift and high-angle-of-
attack acrodynamics. Lack of knowledge in the fundamental flow physics has hindered the
progress of CFD for analysis of high-lift and high-angle-of-attack flows. Turbulence
modeling is a major limiter of CFD accuracy, hence, analysis of transitional and separated

flows is a major challenge for CFD.4748 Transition and separation predictions and the
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modeling of transitional flow require further attention in current Navier-Stokes methods.
Much progress has been made in two-dimensional viscous flow calculations (e.g. -
Drela%9:50, Mavripilis3!-52, Cebeci’3, and Chow34), and there is a need to move into three-
dimensional flow calculations (e.g. - Thomas33, Frink36, and Balasubramanian et al.57) for
complete acrodynamic analysis of configurations at high-lift and high-angle-of-attack
conditions. The situation for prediction of wake-vortex flows is less clear because
calculations for turbulent separated flows are difficult in general, and this area has received
little attention compared to wing and body flows.

Overall, a significant effort will be required in computational, wind-tunnel, and flight
research to understand scale effects for application of aerodynamic concepts on advanced
aircraft design in order to address and advance the state-of-art technology on full-scale
Reynolds-number effects. Much additional development and validation of the CFD
methods are needed before they can be practically applied 10 a complete complex aircraft
configuration; however, promising preliminary results indicate that this approach will
ultimately provide a powerful tool for high-lift and high-angle-of-attack aerodynamic
design and will complement the traditional wind-tunnel and flight-test methods as well.

In summary, recommendations for future research in the area of Reynolds-number
effects in high-lift and high-angle-of-attack aerodynamics are listed as follows:

1. Conduct computational, wind-tunnel, and flight rescarch in concert with each
other in order to understand the flow physics associated with the complex flows
in high-lift and high-angle-of-attack acrodynamics and ultimately, to develop
better design tools for advanced aircraft configurations.

2 Develop improved and innovative facility, test technique, and instrumentation
capabilities in order to provide the required database of defailed flow
characteristics for correlation, validation, and development of predictive

methods.
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3. Develop computational tools with improved turbulence modeling for accurate
simulation of full-scale aerodynamic characteristics to augment and improve the
design process for application to complete complex aircraft configurations.

4. Develop innovative and improved methods for experimentally simulating flight
Reynolds number and "real-world" surface conditions in sub-scale test
facilities.

5. Investigate scale effects in 3-dimensional flows to augment detailed database in
two dimensions 1o obtain better understanding of the flow physics on high-lift
systems for accurate extrapolation to 3-dimensional full-scale flight conditions.

6. For high-lift flows, investigate scale-effects issues of leading-edge attachment-
line transition and crossflow contamination, relaminarization, confluent
boundary-layer development and wake interaction, sweep effects on confluent
boundary-layer development, turbulent boundary-layer separation, and cove-
separated flows, and highly three-dimensional local flow development.

7. For high-angle-of-attack separated flows over smooth-sided forebodies,
leading-edges, and tail empennages, investigate scale-effects issues of cross-
flow transition, separation, laminar and turbulent reattachment; and vortical
flow formation, development, interaction with surfaces and with other vortices,
re-attachment and hinge-line separation, trajectory, and breakdown.

8. For trailing-wake vortex flows, address the problem of viscous modeling of
turbulent, edge-separated vortical flow and vortex decay to correlate

experiments in wind tunnels and flight.
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REYNOLDS NUMBER EFFECTS: TRANSONIC FLOW REGIME
by
Pierce L. Lawing
INTRODUCTION

It is not the intent of this section to summarize all that is known about Reynolds
number effects in transonic flow; the reader is recommended to the extensive body of literature
for this purpose ( references 1 - 4 ). It is the intent of this section to highlight the relatively
new knowledge gained in recent years through the use of transonic cryogenic wind tunnels for
high Reynolds number research. (Please be aware that a good portion of the information is not
yet available for ieneral publication and cannot appear here.) Information about cryogenic
wind tunnels and the associated technology may be found in references 5 - 7.

The principal reasons for studying Reynolds number effects in transonic flow is that
this regime 1s characterized by flow velocities near the speed of sound. At this speed, normal
shock waves can occur which strongly influence momentum loss, mass flow rate and
aerodynamic parameters. To further complicate matters, these interactions are usually
Reynolds number dependent, making simulation of flight in ground facilities very difficult,
Transonic effects are not limited to high Mach number flight, but may appear over a wide
range of velocities, depending on the local geometry involved. For instance a cylinder, placed
transverse to an airstream, will have local transonic flow in its flow field at airstream Mach
numbers as low as Mach 0.5; well designed high lift systems may have local transonic flow at
free stream Mach numbers of 0.3, and a commercial transport will have supersonic flow on
the wing upper surfaces at a Mach number of about 0.8. Rotating machinery also frequently
develcl)_gs transonic Mach numbers, for instance the blade tips on propellers and helicopters and
the turbine blades in an engine.

MODEL TESTING
Reynolds number effects in 2-D airfoil testing.

One of the earliest published results on 2-D airfoil testing in the 0.3-m Transonic
Cryogenic Tunnel is shown in figure 1 from reference 8. The drag coefficient as a function of
Reynolds number are shown for three airfoils at transonic Mach numbers. The subsonic drag
of the NACA 0012 airfoil is seen to decrease steadily with increasing Reynolds number. As
Mach number increases, drag divergence occurs at just over 0.7 Mach number and at a lift
coefficient of only 0.4. This poor performance highlights the fact that the NACA 0012 was
designed for subsonic flight and cannot be expected to perform well at transonic Mach
numbers. The other two airfoils are supercritical airfoils and were designed for transonic
conditions. They exhibit lower drag and much higher drag divergence Mach numbers, all at a
more useful lift coefficient of 0.6. The lowest drag and the highest drag-rise Mach number of
the two is achieved by the BAC 1 airfoil. These comparisons are for uncorrected data,
however figure 2 shows a pressure distribution for the NASA designed airfoil to illustrate the
typical supercritical pressure distribution and the magnitude and direction of correction to be
expected.

The model cited above as BAC 1 is a 10% thick supercritical airfoil designed and built
by the Boeing company for test in the 0.3-m TCT. Figure 3, taken from reference 9, presents
an airfoil performance analysis in terms of Reynolds number by the use of a maximum
lift-to-drag performance parameter as a function of Mach number. “From this analyses comes
the very significant result that there is no "plateau” Reynolds number; at least for this airfoil,
the improvement in performance steadily increases with increasing Reynolds number. This is
in contrast to the conventional wisdom, which has believed that after a Reynolds number high
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enough to include natural transition to turbulent flow had been reached, no more significant
effects would occur.

The NASA designed supercritical airfoil, designated SC(3)-0712, also exhibits
continuous improvement in performance with Reynolds number by a monotonically decreasing
drag coefficient. Figure 4, taken from reference 3, shows a decrease in drag roughl}l: predicted
by the slope of the Karman-Schoenher relationship for turbulent flat plate flow. his figure
a?;o shows the effect of fixing transition at 5% chord. The slope of the Karman-Schoenher
curve is of significance here; the level has been matched to the magnitude of the transition
fixed, or mostly turbulent, curve. The feature of interest is that the decrease in drag as a
function of increasing Reynolds number is approximately predicted by the ( flat-plate, or zero
pressure gradient ) Karman-Schoenher theory, particularly at the higher value of lift
coefficient.

A Reynolds Number Scaling Law For Transonic Duct Flow.

Figure 5 presents the fan pressure ratio for the 0.3-m TCT as a function of test section
Reynolds number for a range of Mach numbers. This Reynolds number is based on test
section hydraulic diameter, which for this particular test section geometry, just happens to be
one foot, and the scale may also be read as unit Reynolds number. In reference 10, it is
shown that the drag coefficient is proportional to the fan pressure ratio minus 1; therefore
figure S tells us that the drag coefficient for the tunnel circuit rises rapidly with Mach number,
but decreases slowly with Reynolds number. If the data is replotted in terms of Mach number
squared, the result is shown in figure 6. A further collapse of the data can be obtained b
including the Reynolds number raised to the negative 0.096 power, as shown in figure 7.
Since all of the losses in this closed tunnel circuit are viscous, then it is reasonable to think of
the dependence of the loss coefficient on Reynolds number in terms analogous to the classic
skin friction law, C, = A (Re)‘”“. It is common to see values of n of 7 used to describe high
Reynolds number skin friction losses. This coefficient of of 0.096, however is closer to a
value of n of 10.4, and describes losses from the turning vanes, the diffusers and contractions,
the test section slotted walls and Flenum, the tunnel flow conditioning screens, as well as the
pipe flow losses of the pipe itself. This remarkable result can be paralleled by the data for
airships at length Reynolds numbers of 10% where the value of n is as high as 12 ( reference
11, page 14-2 ). If the 0.3-m TCT could be turned inside out, it would have the
characteristics of a non-lifting body, such as an airship. Thus the calibration of the tunnel
itself has been used as a very high Reynolds number test model.

3-D Airfoil Testing At Flight Reynolds Number

Our modern fighter and fighter-bomber aircraft fly with wings designed by diverse
requirements; typical of these are maneuver, supersonic flight, high loading, and weapons
carriage. The mix of requirements and the resultant wings may be different depending on the
mission, but it is always desirable to maximize the cruise efficiency of these wings. Even
though they may be designed to perform at other speeds, these aircraft spend a large
percentage of their lifetime at transonic cruise conditions. Good transonic design is made
especially difficult by the low aspect ratio of these wings and the associated three dimensional
flow field. Another difficulty is the lack of a high Reynolds number data base. Availability of
transonic wind tunnel data over the Reynolds number range will aid in the development of
computational techniques. Gathering the necessary data has been hampered by the thinness of
these wings, typically 5 percent of chord at the maximum thickness.  In the past, it has not
been possible to heavily instrument these small, thin models. The laminated thin sheet method
of building pressure instrumented models, reference 12, allows the construction of wings small
enough to test in the 0.3-Meter Transonic Cryogenic Tunnel (0.3-m TCT). Use of this facility
and the model building technique provides transonic data at high Reynolds number.

The task is made easier by component, testing on the tunnel side wall. This allows the
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size, and thus the Reynolds number, to be doubled. However, the juncture flow between the
tunnel sidewall and the model must be understood and compensated for in the test results, In
the present example, a model of the canard of the NASA X-29 Research Aircraft has been
tested on the sidewall of the Langley 0.3-m Transonic Cryogenic Tunnel. Boundary layer
transition was allowed to occur naturally, using no boundary layer trips. It then became
important to quell disturbances from the wall boundary layer. ‘An abrupt junction between the
wing and the wall would generate a "noisy" horseshoe vortex which could cause a premature
boundary layer transition.  Also, since this is a wing to be tested at angle of attack, it is
important to energize the wall boundary layer so that, as the angle of attack increases, the flow
in the juncture does not separate and prematurely stall the wing. This wing/wind-tunnel-wall
interaction is therefore a juncture flow problem. In the present case the boundary layer flow
was diverted and energized by gradually accelerating it by means of a juncture fillet.

The Mach 0.9 data is shown in figure 8. The occurrence of shock waves complicate
the shape of the pressure distributions. At the lowest angle of attack and at the inboard
station, a shock occurs at roughly midchord. As the angle of attack increases, a complex
shock pattern appears near the leading edge. The flow pafterns become more complex at the
outboard stations, but have the same general character. The pressures near the leading edge
are above the sonic value and there may be a shock very near the leading edge that is not
shown by the available pressure taps. Also, the vortex present at the lower Mach numbers and
higher angle of attack may be present. There was no flow visualization available for this test
(such as shadowgraph). Some additional information is available in the form of momentum
deficit surveys in the model wake. These data have not been analyzed, and are presented here
to illustrate f)t;atures of the flow.

Figure 9 presents data for one of the angles of attack shown in figure 8, plus
momentum deficit surveys at 6 spanwise stations in the wake of the model. These data were
generated by a spanwise rake with 6 pitot probes. It was stepped vertically behind the model
at 100 steps per scan to produce the traces shown. The momentum deficit can be integrated to
produce the sectional drag coefficient at each pitot probe location. Accurate determination of
the drag requires knowledge of the cross-flow at the probes, as well as the blockage of the
rake. Tﬁe drag has not been determined for this paper. However, the shape of the momentum
deficit traces indicate qualitative features of the section drag.

The bottom portion of the inboard momentum deficit trace indicates separated flow on
the lower surface, and moving up, a peak caused by the viscous drag, and finally a tailing off
representing the losses due to shocks. The next trace, at 43 percent span, shows no lower
surface separated flow, similar viscous losses, and slightly higher losses due to shocks and
other phenomena. The trace at 68 percent has a large peak thought to be part of the tip vortex
system. Finally, at 93 percent of span, the drag is dominated by the tip vortex signature. The
pressure distributions on the airfoil show multiple shocks but indicate only small areas of
separation.

Figure 10 shows a comparison of momentum deficit traces for three angles of attack.
The surface pressure traces for all three are contained in figure 8, and the highest angle of
attack is the same as in figure 8. As the angle of attack decreases, the losses due to shocks and
tip vortices quickly diminish. However, the losses due primarily to skin friction remain about
the same.

Flight Data

Figure 11 shows flight data for a nominal Mach number of 0.6 and a range of angle of
attack. The two rows of pressure taps are at the same spanwise stations as for the inboard and
midspan stations of the wind tunnel model. The- angles of attack shown are local angles of
attack and are determined by multiplying the aircraft angle of attack by 1.6, and then adding
the deflection angle of the canard. This correction is to compensate for the effect of the local

43



upwash angle of the forward-swept wing. (The method of calculating angle of attack was
provided by Grumman Aerospace Corporation, and the flight data set is courtesy of Lisa
Bjarke of NASA Ames-Dryden Flight Research Facility). At the inboard station, the data
traces show attached flow as high as 16 degrees in angle of attack. The midspan station shows
flow separation at the highest angle of attack. A vortex roughly paraliel to the leading edge
can be seen in the lower angle-of-attack traces at the third orifice for the inboard trace, and at
the fifth orifice in the midspan trace. This vortex is probably also present at the higher angle
of attack and perhaps explains the attached flow at the higher angles.

The 0.7 Mach number data is shown in figure 12 and provides even stronger evidence
of a vortex, at about 1/4 chord, than the 0.6 Mach number case. The data show attached flow
near the trailing edge for all angles of attack available. Figure 13 presents data for the 0.9
Mach number case which indicates a flow dominated by shocks and vortex flow. The flow
remains attached near the trailing edge at angles of attack up to 6 degrees.

Comparison Of Wind Tunnel And Flight Data

The mounting of the canard in flight is on the side of the inlet, rather than the more
usual mount on the fuselage. It was impossible to mount the wind tunnel model in such a
fashion due to the large number of pressure tubes at the model root, or wall juncture. In
addition, the wind tunnel model would be immersed in the thick, side-wall boundary layer. In
this situation, the side wall boundary layer, at the canard root, tends to separate at lower
angles of attack than the freestream flow on the outboard portions of the canard, tending to
spoil the data. To alleviate this condition, the canard was joined to the side wall by a fillet, as
discussed earlier. This appears to have been successful, since in all cases the flow separates at
the tip earlier in angle of attack than at the root. Details of the fillet may be found in
reference 13.

The data at Mach 0.7 for the wind tunnel and flight are compared in figure 14. The
agreement at the midspan station is very good. The mismatch in angle of attack indicates that
a more sophisticated correlation may be needed for the flight local upwash angle. The
agreement at the inboard station is not as good. However, increasing the flight angle of attack
as shown in figure 15 improves the agreement, in character if not in level. At the same time,
the midspan station agreement has deteriorated. This may indicate that a spanwise term is
needed in the correlation for upwash angle.

It is difficult to compare the bulk data plots for the Mach 0.9 case, partially because
much of the flow phenomena occurs close to the leading edge and the flight experiment has no
data points in this region. Favorable comparison is available however, as shown in figure 16.
Now the flow is dominated by shocks, and the angle of attack, or upwash, correlation works
very well at both span stations. The filled symbols are the flight data and show a vortex at the
inboard row where the tunnel does not. The shock location is matched very well and the
overall agreement is considered good. The midspan row is more dominatedrﬁy shocks than
vortex flow and the agreement is excellent. Viscous-inviscid interactions ( e.g. Reynolds
number effects ) are of first order importance for the transonic airfoil case, due primarily
to the hypersensitivity of transonic flows to area ratio. Reynolds number effects on the wind
tunnel data, including values well beyond the flight range, may be found in reference 13.

UNSTEADY AERODYNAMICS
Reynolds Number Effects in Flutter Model Testing
A flutter test has been conducted in the 0.3-m Transonic Cryogenic Tunnel to explore
problems, develop testing techniques, and determine the potential of a cryogenic tunnel to
advance the state of the art in flutter testing. A simple “"text book" rectangular planform wing
model supported by a beam flexure was used for the test. Model and support were machined
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from a single piece of 18 Nickel grade 200 maraging steel (trade name Vascomax 200). This
material is characterized by its good dimensional stability with temperature change and its high
fracture toughness at cryo&enic temperatures. Although no “hard" flutter points were included
in the test, the model oscillations were large enough to be easily visible on a video monitor at
conditions near flutter onset. Figure 17 presents a comparison of analytical and experimental
flutter results in terms of the flutter dynamic pressure as a function of Mach number. It is
presented here only to illustrate flutter data taken at cryogenic temperatures, and was taken
from reference 14. The conclusion is that Reynolds number effects are small. Further details
including the effect of Reynolds number on transonic flutter are also contained in this
reference.

Buffet Testing.

Buffet testing has been conducted in the 0.3-m TCT using semi-span models mounted
on one turntable. Instrumentation included a root bending gage to indicate buffet onset.
Models included both delta and straight wing planforms. The ability to hold Mach number
and Reynolds number constant while varying the velocity demonstrated the strong dependence
of buffet onset on the reduced frequency. This research is ongoing and recent tests have used
carbon composite models to increase the resonant frequency of the model; the reader is
referred to the research documented in reference 15.

In the NTF, buffet boundaries have been established for a modern transport wing,
figure 18. The boundaries were established at transonic conditions over a range of Reynolds
number. These results are particularly interesting because, with the wing clean (no vortex
generators), buffet was not encountered at Reynolds numbers of 7 and 35 million per foot, but
was encountered at higher Reynolds numbers. This result is best understood in light of the
model dynamic response characteristics. A detailed discussion of this data and the associated
dynamics and other variables is contained in reference 16. See reference 17 for the oscillating
airfoil case.

MEASUREMENT PROBLEMS IN HIGH REYNOLDS NUMBER CRYOGENIC FLOW

The term non-intrusive implies optical access through the wind tunnel wall, usually a
window. For cryogenic facilities operating at high pressures and cryogenic temperatures, such
windows pose major problems. For instance, in the 0.3-m TCT, a quartz window shrinks
much slower with decreasing temperature than the aluminum structure. At room temperature,
the quartz piece must fit loosely, and provide room for the aluminum to shrink around the
quartz as the temperature is lowered to cryogenic operation conditions. At the same time, the
window and frame must support the pressure drop when operating at room temperatures.

A window at cryogenic temperatures exposed to room temperature air and its attendant
humidity must be kept clear of fog and/or frost. One method of maintaining a clear window is
to position a thin piece of glass about 10% of the window diameter away from the quartz and
purge the resulting gap with dry, heated, Nitrogen gas. Since this is a transonic tunnel with a

lenum chamber, there must be a window in the test section wall as well. Thus an optical
m must traverse a thin, unloaded, piece of glass with a small thermal gradient, the purge
gas region, the heavily loaded, up to 6 atmospheres, pressure shell window, the nitrogen in the
plenum, the lightly loaded, essentiall isothermal, test section window, the tunnel wall
boundary layer, and finally the test flow. In the case of some techniques, such as a
shadowgraph, the process is repeated in reverse on the other side of the test section. In the
case of backscatter laser measurements, the low intensity signals must travel back through the
same set of conditions.

There are several additional difficulties to recognize in the application of optical

techniques to the 0.3-m TCT: Since all of the structural parts must contract with decreasing
temperature, and it is not possible to insure isothermal structures, provision must be made for
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referencing measurements in space to the model locations. For examg;le, this required a
special alignment laser for laser velocimeter measurements, reference 18. Other sources of
error that must be considered are deflection of structural parts due to differential pressures or
model support loads and effects such as lensing of the windows under distortion from pressure
or thermal loading. Most of these difficulties are inherent in a facility designed to provide
aerodynamic coefficients at flight conditions as opposed to a facility designed for pure fluid
mechanics studies or for validation of analytical methods.

Optical Methods

Various flow diagnostic and visualization techniques have been tried in the 0.3-m TCT
both to enhance the research utility of the tunnel and to explore the problems and opportunities
offered by cryogenic testing. The use of the Laser Transit Anemometer to survey velocity
distributions 1n flow fields and boundary layers is described elsewhere in this paper and in
reference 18. Other methods reference ( 19-24 ), include laser holographic inteferometry,
schlieren, shadowgraph, image quality studies, and moire deflectometry measurements. All
have been successful to some extent. One major problem that was encountered was a
swamping of the flow features by an oplical disturbance that strengthened as the tunnel
temperature was lowered.  This problem was isolated and identified as thermal
inhomogeneities external to the test section, primarily due to convective currents in the plenum
chamber. The optical degradation becgmes more severe with decreasing temperature and
increasing pressure, and exhibits a (p/T)“ dependence. This problem is discussed in detail in
reference 20.

Seeding a Cryogenic Tunnel

Several of the more promising laser diagnostic techniques require the flow to be seeded
with reflective particles a few microns in diameter. At this time there is no clearly satisfactory
method of seeding a cryogenic tunnel. Measurements have been made using “natural” seeding
generated by running the tunnel cold enough to preserve condensed nitrogen droplets, or by
pulsing the liquid nitrogen control to generate a temporary cloud of liquid nitrogen droplets.
A chance oil leak past the fan shaft seal provided very satisfactory data rates when the flow
was cold enough to promote condensation of the oil into droplets. However, these schemes
have serious drawbacks in that the errors introduced by testing in condensed flow are not
defined and no correction method exists, the flow conditions are not known during injection
pulsing, and at the extreme cold necessary for high Reynolds number operation, it is suspected
that the oil freezes into solid particles and is responsible for eroding the model leading edges.
Seeding has also been accomplished by bleeding service air into the tunnel and reducing the
temperature to form condensed water, or ice, depending on the temperature. Once again, the
larger condensates are expected of causing model erosion at the lower temperatures. To offset
the fan heat, the tunnel must be continually injected with liquid nitrogen and the resulting gas
vented. Thus the facility continually purges itself, and seeding material must be constantly
replenished.  Also, since the material is continually vented, it must be environmentally
acceptable.

High Reynolds number testing requires good model surface finish, particularly on the
leading edges, and small pressure orifices. Great care must be exercised to preserve the finish
and keep the orifices unblocked even before the model is installed into the tunnel; introduction
of solid particles is advisable only if they do not aggregate and form clumps that have
sufficient ballistic coefficient to impact the model, and if they cannot accumulate in the model
orifices or other sensitive mechanisms such as actuators. Liquid particles must not form ice
clumps at low temperatures and must evaporate at room temperatures to allow cleanup. Thus
far the only solid particles that have been tried are kaolin powders. The liquids are water and
lubricating oil. Both the kaolin and the oil required extensive cleaning of the tunnel after use
and are considered unsuitable materials.
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Two-spot Laser Boundary Layer Survey

The two-spot laser, or more properly the Laser Transit Anemometer, LTA, focuses two
laser beams into spots 9 microns in diameter with a spot-to-spot separation of about 20 spot
diameters. When the spots are aligned with the flow in a wind tunnel, that is with one spot
upstream of the other, any reflective particle in the flow that happens to pass through the
upstream spot will reflect back a pulse of light. As the particle passes through the second spot
it will reflect back a second pulse of light. Since the distance between the spots is known, a
measurement of the time between the two pulses yields velocity. This process may be greatly
enhanced by seeding the flow with appropriate particles. The data in figure 19 was generated
by such a process where the LTA was used to survey the flow field of a 1.2 inch diameter
cylinder along the line indicated in the "scan location" inset. This data is unique in that it was
taken in a cryogenic environment and is one of the first successful attempts at measuring points
in the boundary layer with this type of device. The two decreasing velocity points nearest the
cylinder surface are in the boundary layer. Further details are available in reference 18.

FLUID MECHANICS
Skin Friction Measurements

Figure 20 serves to illustrate the principal of operation of the UTSI (University of
Tennessee Space Institute) moving belt skin friction balances. The balance is mounted such
that the belt part is flush with the surface to be investigated. The two drums that support the
belt are in turn supported by flexures. When the belt experiences force due to the shear of a
passing fluid, it rotates the drums against the restoring force of the flexures. The stiffness of
the flexures is selected to allow a maximum of 3 degrees of rotation for the expected forces.
Strain gages are attached to the flexures to produce a voltage proportional to, and linear with,
the torque produced by the belt rolating the drums. Since the small gaps that are open to the
flow do not change with this rotation, there is no need for a closed-loop nulling device to
center the measuring element, as there is in the floating element type balances. Further details
are available in reference 25.

Figure 21 summarizes the experience at LaRC with UTSI (University of Tennessee
Space nstitute) skin friction balances. The results shown were measured on the test section
sidewalls of the 0.3-meter Transonic Cryogenic Tunnel, or 0.3-m TCT, and the Unitary Wind
Tunnel. The comparison is presented in the incompressible plane since the Mach number
ranges from low sugsonic to transonic in the 0.3-m TCT, and though the supersonic range in
the Unitary tunnel. The Karman-Schoenher flat plate skin friction formula is included for
comparison. The shaded area represents data taken over the history of the Unitary tunnel with
floating element skin friction balances.

The present results of testing on tunnel sidewalls should not be used to judge the
accuracy of the skin friction balances. Rather, the data shown here should simply be taken as
evidence of operational experience. Unless extraordinary precautions are taken, tunnel
sidewall boundary layers are not classical flat-plate turbulent boundary layers. At a minimum,
they are non-adiabatic and affected by wall roughness. Figure 22 shows that the 0.3-m TCT
data level shown here can be represented by an equivalent wall roughness of only .02 mm.
Since the ratio of boundary layer length to roughness height is the scaling parameter, and the
boundar[y]' layer length increases with tunnel size, the larger Unitary tunnel would be only only
one-forth as sensitive for the same absolute roughness height.

The appropriate conclusion to be drawn here is that the balance is capable of operation

in environments as diverse as the cryogenic, transonic, high-shear rate of the 0.3-m TCT, and
the high temperature supersonic environment of the Unitary tunnel.

47



The data shown in figure 22 for the 0.3-m TCT is the same as shown on figure 21, but has not
been transformed to incompressible coordinates. Curves are shown for constant values of
distributed roughness. The actual roughness was not measured. The approximate formula for
rough flat plate flow used to generate the curves was

C = (2.87 + 1.58log(x/e)) %S

where e is the roughness height and x is distance form the leading edge, reference 28.
References 26 and 27 discuss the details of applying this formula to a test section wall
boundary layer, by calculating an equivalent flat plate length. The curve labeled smooth in
figure 22 was calculated from the relation,

Cp = 0.027 / (Re )7
also from reference 28.

The intent of this figure is not to promote a rough wall prediction method or fully
explain the data trends. It does serve to demonstrate the severe effects of small roughness
heights in a turbulent boundary layer, and that an equivalent roughness height of only .02mm
is sufficient to match the data. Further discussion may be found in references 26 and 27.

Current plans call for further testing of UTSI balances on a large flat plate in the NTF.
Floating element balances as well as other types of skin friction measuring devices will also be
tested for comparison. The surface finish will be carefully controlled and extensive boundary
layer profile surveys will be conducted. The result will be a boundary layer much better
understood than the test section sidewall cases.

The basic feasibility of the UTSI balance to operate in cryogenic conditions has been
demonstrated. Carefully controlled testing will be required to establish limits on accuracy.

Transition Detection With Specialized Hot Films

An investigation to determine the location of boundary-layer transition was carried out
using a cooled model. The photograph in figure 23 shows the model mounted in the 0.3-m
TCT with the chordwise rows of hot-film gages mounted on the upper surface. The model is
a 9 inch chord, 12 percent supercritical 2-D airfoil and was instrumented with 48 hot-films.
The extremely thin hot-films were applied to the surface of the model by the Douglas Aircraft
Company (DAC), using a newly developed method, as part of a NASA/DAC cooperative
program to develop a specialized system for detecting boundary-layer transition in cryogenic
wind tunnels. The tests, conducted in the Langley 0.3-m TCT, were done both at an adiabatic
wall condition and at a non-adiabatic wall condition with liquid nitrogen circulation through
the model to cool the surface below the adiabatic recovery temperature. The surface cooling
was done to determine the effect of wall temperature on the location of boundary-layer
transition at wall to total temperature ratios as low as 0.47. The test results indicated, that
with the proper electronic data acquisition equipment, an “on-line" location of boundary-layer
transition could be obtained both at ambient and cryogenic conditions. The on-line signal from
the hot-films clearly indicated either a laminar, transitional or turbulent boundary layer.
Preliminary results indicated that model cooling actually decreased the transition Reynolds
number due to the apparent dominance of surface roughness on transition at this condition.

Transition Location by Fluctuating Pressure Measurements

Figure 24 shows the outline of a 14 percent thick airfoil recently tested in the 0.3-m
TCT. This two-dimensional model was largely hollow and contained 4§ transducers capable
of measuring fluctuating pressures. The three traces shown above the airfoil are typical of the
output data from these transducers. The trace at the left is near the nose of the model, has a
low length Reynolds number, and exhibits a low amplitude fluctuating pressure trace typical of
laminar flow. The center trace is from a transducer measuring pressures further back on the
airfoil and produces a trace typical of transitional flow with a higher fluctuating amplitude as
background and with superimposed turbulent precursor bursts of much higher amplitude. The
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trace at the right is well into fully developed turbulent flow characterized by high amplitude,
high frequency fluctuations in pressure. High amplitude fluctuations in the turbulent regime
are perhaps expected for Pressure measurements, as opposed to the decreased amplitudes
recorded by the heat transfer devices, since the thickening boundary does little to attenuate
pressure waves, but generally lowers heat transfer rates. Reference 17 presents greater detail
on this work.

New Techniques For High Reynolds Number Testing
Two-dimensional airfoil testing is a standard test technique used to examine the
characteristics of an airfoil section in more detail than would be possible in a full aircraft
configuration. One problem peculiar to this type of testing is error introduced by the
penetration of the model through the thick, tunnel-side-wall, boundary layer.  Since this
boundary layer does not have as much momentum as the external stream, it will separate much
easier than the free stream flow. At low lift conditions, separation may not occur. As the lift
increases, the side wall boundary layer will Separate. At high lift, this separated region

present.  Other errors are introduced by the presence of the floor and ceiling of the test
section.  One serious error is caused by the blockage of the model, especially at transonic
conditions. This is commonly alleviated by slots in the walls, or in the current 0.3-m TCT test
section, by adaptive walls. Methods of dealing with these error sources are described in the

next sections.

COMMENTARY

Many of the things that we ca]l Reynolds number effects may actually be the effect of
some other variable that we are unable to change independently of the Reynolds number. For
example, in many of our facilities to change Reynolds number means also changing Mach
number, dynamic pressure, and the unsteadiness oly
describe any change in boundary thickness in terms of a Reynolds number, usually invented

disturbances, flow angularity, flow divergence, non-symmetrical flow, etc. Great care needs
to be taken in high Reynolds number facility design, otherwise, we could spend years trying to
understand phenomena generated by poor facilities that have no bearing on the problems of
flight. :

Test Technique
The advantages of the cryogenic concept for wind tunnel testing are, by now, well

documented and understood, references 6 & 7. However, the development of cryogenic
testing tools is an ongoing process. Also, in order to properly take advantage of all of the
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research opportunities offered by cryogenic operation of a wind tunnel, it is necessary to
develop some new techniques unique to cryogenic operation. In addition, the fact that the
cryogenic facility can produce realistic flight boundary layers requires a quantum 1mprovement
in”model construction techniques, involving surface finish, fidelity of model contours, and
dimensional stability. A similar effort is required in instrumentation technique, particularly
instrumentation techniques for transition detection and the study of unsteady aerodynamics.
Summaries of test technique, model construction methods, and energy management for
cryogenic high Reynolds number tunnels are found in references 30, 31, and 32.

Transition

Transition as referred to here is the transition from laminar to turbulent flow. It is of
primary aerodynamic importance because laminar boundary layers have much lower drag than
turbulent ones. It is important computationally because knowledge of transition location is
necessary in linking a code with an experiment. It is important in controls and airfoil
performance because laminar boundary layers separate much more easily than those that are
turbulent. Many other phenomena require a knowledge of transition in order to understand
their physics. It is of particular interest here because transition location can be a strong
function of Reynolds number. The next paragraphs describe, in basic language, the physics of
the transition process.

A laminar boundary layer on a surface of interest, an aircraft wing for example, must
move along the wing surface. As it moves along, it exerts a force due to the friction between
the wing and the air. This force is called skin friction, and as the boundary moves a set
distance, this force times the distance moved is, by definition, energy expended. For the
hypothetical case of a flat-plate wing, or zero pressure gradient, the boundary layer must
replenish this energy by entraining higher energy from the freestream. This is accomplished
by slowing down the adjacent freestream air by the shear between the boundary layer air and
the freestream air. As soon as air is slowed, it becomes part of the boundary layer, and the
boundary layer thickens due to the added mass. The shear at the wall and the shear at the free
stream introduce flow instabilities. = The viscosity of the gas tends to damp these
micro-instabilities, but as the boundary layer progesses along the surface, more work is done,
more mass is entrained by a ever thickening boundary layer, and the instabilities will become
more severe until they can no longer be damped and we have the beginning of transition to
turbulent flow.

In aerodynamic practice, we seldom work with bodies of zero pressure gradient since
they have no volume, and cannot carry any cargo or fuel. Normally, when a flow first
encounters a body, the pressure gradient is positive, tending to accelerate the flow. Initially,
this acceleration equals or exceeds the work done by skin friction, and the boundary layer need
not thicken, and it can be very stable and remain laminar (at least for the case of zero sweep).
If the pressure gradient is not of sufficient strength, then some freestream air will still have to
be entrained. In most cases, the wing or body cross-section area must continually increase to
maintain a positive pressure gradient. The body will soon become large and the cross-section
area must become constant and then diminish toward the aft end of the body. This will
produce first zero pressure gradients, and then negative pressure gradients. For a lifting
subsonic wing, the positive gradient will last only about 10 percent of chord. After this the
boundary layer must thicken rapidly, its stability (damping) rapidly diminishes, and it becomes
susceptible to a variety of disturbances, not just the flow instability described above. These
disturbances may originate from velocity perturbations in the free stream, surface roughness,
cross-flow, acoustic input, and so forth. All of these may affect the boundary layer differently
as a function of Reynolds number. Whatever the reason, unless extreme care is taken,
transition to turbulent flow will occur.

The above paragraphs serve as a simplistic physical-world introduction to a very
complex subject. There are hundreds of papers in the literature regarding amplification and
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damping, and no reliable predictor of transition location has emerged. This is a serious
impediment the for computationalist, since accurate code development depends on the
knowledge of transition location.  The experimentalist also needs knowledge of transition
location to understand changes in aerodynamics with Reynolds number. One way to "know"
transition location is to "trip” the flow at a known location by artificial obstacles placed in the
boundary layer. This method has been the traditional means of emulating high Reynolds
number flow in a low Reynolds number facility. Unfortunately, using this method of fixing
transition at a known location in a high Reynolds number tunnel introduces unacceptable
errors. This is because the boundary layer becomes very thin at high Reynolds numbers and
there is no trip method small enough in size. In fact, it 1s difficult to produce model surfaces
smooth enough to prevent premature transition.

Although trips are used in transonic cryogenic tunnels, and they provide some valuable
information, a means of non-intrusively measuring transition location is required. A
promising method is detection of the adiabatic wall temperature change that occurs during
transition from laminar to turbulent flow. The Stanton number, or potential to transfer heat,
also increases during transition from laminar to turbulent flow. Thus transition location can be
determined using thermocouples or other temperature measurement devices. Since the shape
of the transition location can be very complex, a large number of thermocouples is required.
A more satisfactory method would be to measure the temperature difference in terms of its
radiated energy. At cryogenic temperatures, the wavelength of this radiation is in the far
infrared and 1s very weak. However, there are instruments capable of taking an infrared
"picture” of the model at cryogenic conditions.

Computation

One of the principal lessons learned in our cryogenic tunnels is that there is no
“plateau” Reynolds number; aerodynamic phenomena frequently change even as flight
Reynolds number is being approached. For those vehicles having flight Reynolds numbers so
high that they exceed our experimental capabilities, extrapolation is necessary. Computation
using Navier-Stokes codes appears to be our only source of information in this case. Flight
testing will J)rovide answers but it is expensive and is performed at risk to the flight crew, the
vehicle, and the social and political support necessary for new programs. Matching the wind
tunnel results through the available Reynolds number range and then extrapolating to flight
with the computer is the preferable option.

Bven for those vehicles and components having their flight Reynolds numbers within
the range of our test facilities, computational answers are still necessary. In order to test a
model, it must be loaded aerodynamically. All structures flex under loading and change
shape. This shape change in turn results in change in the vehicle aerodynamics. One of the
great advantages of the cryogenic tunnels is the ability to independently change dynamic
pressure and Reynolds number, and thus isolate Reynolds number effects from aeroelastic
effects. Experience has shown these effects to be of the same order. Even if it is possible to
test at flight Reynolds number and dynamic pressure levels, the answer will only be correct if
the model is aeroelasticly tailored to deform the same as the flight vehicle. In practice, this is
very difficult and very few of these models have been built for wind tunnel use with small
scale models.

The burden of integrating the effects of structural deformation fall to the
computationalist. He must be able to subtract the model deformations from his solution and
add back in the deformations appropriate to the flight vehicle structure. Efforts are underway
to develop the necessary computational techniques. Thus far we have discussed static
aeroelastics; the full solution requires treatment of the time varying flows and the extrapolation
to these to flight condition. There is only one known set of high Reynolds number transonic
data with sufficient detail to allow code calibration. Early development of such a code is in
progress.
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One of the long-standing goals of the aerodynamic community is to measure
aerodynamic coefficients to an accuracy the order of one "count". ( To illustrate the concept
of a count, consider the definition of drag coefficient which essentially ratios the actual drag to
the maximum value likely. This concept results in a coefficient of 1 when all of the
momentum of the air processed by the vehicle is removed. A typical aircraft might operate at
a value of 0.03. If we assign a value of 10000 counts to a coefficient of 1, then the aircraft
flies at a value of 300 counts, and the accuracy implied in one drag count capability is 1/300
or 0.3 percent). The economic viability of a new transport aircraft might depend on a few
counts of drag. In our new facilities, we have demonstrated our capability to operate within
one count of drag. This is a very significant accomplishment but, due to support effects,
model distortions, etc., this is really only the measure of a drag increment. Being able to
accurately measure drag increment is important in effecting vehicle improvements, but it
cannot forecast final flight performance. Once again, we must depend on computation.
Unfortunately, prediction of high Reynolds number performance for flight vehicles is at best a
fledgling capability.

Finally there is the question of optimization. At present there is no clear algorithm for
optimization of an aircraft. The best efforts to date have come from the intuition and
innovation of the researcher's brain. There is a belief, however, that we are no closer than 70
percent of optimum for even our most well understood aircraft. The remaining 30 percent is a
very enticing area for further research. This is carried out at present in a painfully slow trial
and error process of small perturbations on wind tunnel model geometry. Not only would this
process proceed much faster computationally, but the opportunity for real optimization exists.
This process has begun with the application of design codes that can create a geometry that
produces a predescribed ideal pressure distribution and external flow parameters. Once again,
computation seems to be the only hope for real acrodynamic optimization in transonic, high
Reynolds number flow.

RECOMMENDATIONS

The 0.3-m TCT and the NTF have proven the worth of the cryogenic test technique to
provide high Reynolds number transonic data for aircraft models and components. It is now
time to apply this technology to other problems. For example, reference 33 presents a
collection of papers that describe the testing of a submarine model in the NTF. Although this
was a successful test, it was very expensive and used a large and cumbersome model and still
did not provide full scale Reynolds numbers. In reference 33, a superfluid helium cryogenic
facility is proposed to better accomplish the submarine test at the desired Reynolds number. In
this same vein, it is time to consider other applications. For instance, the NTF is currently
involved in high lift testing at low Mach numbers for very large airplanes. Even the
cryogenic, 9 atms. capability of the NTF is strained to produce the desired Reynolds number;
even at the proper Reynolds number, the dynamic pressure is so high that aeroelastic
distortions are a problem. Also, the loads are so high that multi-element airfoils are very
difficult to construct, and impossible to operate at the flight level of aeroelastic deformation.
A possible solution to this is to construct a very large, low speed, cryogenic tunnel. This
solution should be seriously examined, since it will not only allow the proper Reynolds
number, but also allow for excursions in dynamic pressure to examine the effects of loading on
the critical gap dimensions between elements.

Consideration should also be given to using cryogenic techniques to provide data on
rotating systems such as propellers,and helicopters blades, and coupled with magnetic
suspension techniques, spin tunnels, dynamic departure, and other neutrally stable or unstable
operating modes.

None of these facilities will be useful without models. Model building technique
should be the subject of continual development. If a large tunnel requires 20 models per year
at an average cost of one million dollars, then in a tunnel life cycle of 50 years, one biflion
dollars will have been expended on models. The model building efficiency, size and cost
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should be considered in the tunnel initial design,

In past facilities, circuit losses were tolerated in the design if they resulted in lowe;ed
capital investment, Typically a watt lost in the circuit Just cost a watt increase in the drive

and/or discipline, It requires about 10 years of experience in a facility before the average
researcher begins to penerate the best results. Continyal changing in program focys and the
resulting oscillations in the testing staff result in less than the best research results.
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Figure 10. Momentum deficit surveys at three angles-of-altack from the transonic data set for the
X-29 canard.
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Introducti
Generally speaking, the field of unsteady aerodynamics embodies various aspects of
time-dependent fluid flows, many of which are interesting as well as important, and
consequently are worthy of study.! However, the present chapter on Reynolds number effects
on unsteady aerodynamics, will limit the discussion to time-dependent flows about airfoils and
wings, mainly because of the subsequent safety-of-flight consideration due to aircraft
acroclasticity. Aeroelasticity, defined as the structural response of the aircraft due to
aerodynamic loading, involves phenomena such as static divergence, flutter, aileron reversal,
aileron buzz, buffeting, and limit cycle oscillations. These phenomena can be studied and
much can be leamned by investigating more simply the associated unsteady aerodynamics.

Studies of unsteady acrodynamics for airfoils and wings can be divided into two
general categories including experimental and analytical work. The experimental work
concerns mostly tests performed in wind tunnels, such as the Transonic Dynamics Tunnel
(TDT) at NASA Langley Research Center (a facility dedicated to experimental research in
unsteady aerodynamics and aeroelasticity), although some interesting as well as novel data
have been acquired through flight testing.6 The analytical work involves generally, theories
that are too complicated to allow exact solutions, and consequently, computational methods of
solution are employed.” Therefore this category of work will hereafter be referred to as
computational.

With respect to Reynolds number effects on unsteady aerodynamics, compared to the
effects on steady acrodynamics,8 relatively little is known or understood either experimentally
or computational (with noted exceptions to be discussed below). This general lack of
knowledge for unsteady flows is largely due to the inherently greater complexity of measuring
or computing time-dependent flows in comparison with steady flows. Further complicating the
issue is the fact that wind tunnels such as the TDT are limited to Reynolds numbers in the range
of 105 to 106, whereas flight Reynolds numbers can be as high as 107 or 108. (Admittedly,
cryogenic tunnels such as the National Transonic Facility (NTF) at Langley, indeed exist which
can test at Reynolds numbers much higher than available in conventional wind tunnels.
However, the NTF does not presently have several necessary features that are required for
unsteady acrodynamic and aeroelastic testing such as a data acquisition system to measure
dynamic model response, by-pass valves in the wind-tunnel circuit to decrease quickly the
dynamic pressure in case an aeroelastic instability is encountered, or a wire mesh safety screen
to protect the tunnel fan blades from debris of damaged models). If Reynolds number effects
are unimportant, then the issue is moot. Since this is obviously not the case, then the question
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becomes: Can data be obtained that are consistent and monotonic with respect to Reynolds
number (within the Reynolds number range allowed by a given wind tunnel), extrapolate the
results to flight Reynolds numbers, and still have physically meaningful information relevant to
flight?

Like the lack of knowledge of Reynolds number effects on unsteady acrodynamics
through experimental means, little has been done to investigate such effects computationatly.
This is largely because most computer codes developed for unsteady acrodynamic and
aeroelastic analyses are based on potential flow theory, either linear or nonlinear (transonic
small-disturbance or full potential), although methods based on the Euler and Navier-Stokes
equations are indeed being developed currently.” Most calculations that have been performed
for unsteady applications to date, involve inviscid methods, and consequently are of no help in
determining Reynolds number effects. Of course, only codes based on potential theory which
include an interacted boundary layer capability and codes based on the Navier-Stokes equations
are capable of predicting Reynolds number effects on unsteady aerodynamics. The
comparatively few results obtained using these viscous methods have been computed at the
same Reynolds numbers as the experiment to allow for direct comparison with the data.
However, the calculations need to be repeated with different Reynolds numbers and possibly
different transition locations to determine the sensitivity of the results to these parameters.

Noted exceptions to the above discussion are reported in the review paper by Mabey?
on the so-called scale effects in unsteady acrodynamics. Two other noted reviews in unsteady
aerodynamics are the discussion on practical problems for unsteady acrodynamics about
airplanes by Cunningham10 and the effects of transition on wind tunnel simulation of vehicle
dynamics by Ericsson.!! The paper by Mabey is a compilation of information on the known
effects of Reynolds number from a wide range of unsteady aerodynamics tests with particular
emphasis on flows about wings. This chapter will first summarize the excellent review by
Mabey in the following section called General Characteristics. Both experimental and
computational aspects are discussed. Recommendations are then made in the next section in
the form of challenges to both the experimental and computational technical communities to
include Reynolds number and transition location variations as an integral part of their studies.
The chapter is summarized in a final section on Concluding Remarks.

General CI

As suggested by Mabey,? the importance of scale effects involving Reynolds number
or transition location is recognized generally in the area of steady aerodynamics,8 but is often
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ignored in unsteady aerodynamics. Hence, in this section, some general characteristics of scale
effects are described, with consideration given to both experimental and computational aspects
of the problem. The experimental aspects involve the origin, magnitude, and consequences of
scale effects. The computational aspects involve limitations due to turbulence modeling.

Experimental Aspects

As for the origin of scale effects, there are two primary causes including failure to
achieve full scale Reynolds number, and failure to achieve full scale transition location.? Scale
cffects result from the failure to achieve full scale Reynolds number since for wind tunnel
models the Reynolds number is typically in the range of 105 to 107. The resulting scale effects
are illustrated in the following example. Consider a simplified airfoil at high angle of attack, as
shown in Fig. 1(a), which experiences flow separation along the upper surface at a point
forward of midchord for a low Reynolds number. Ata high Reynolds number, the boundary
layer remains attached until a point that is say aft of midchord as shown in Fig. 1(b). Along
the lower surface in either case, the boundary layer remains attached because of the favorable
pressure gradient. However, because of the different separation locations on the upper surface
due to low (Fig. 1(a)) and high (Fig. 1(b)) Reynolds number flows, the circulation about the

airfoil differs, and consequently the pressure distributions along both of the upper and lower
surfaces differ between the two cases.

Scale effects can also result because of the failure to achieve the full scale transition
location, even if the Reynolds number is matched between the wind tunnel and flight.? For
example, the transition position is located typically too far forward in comparison with the
natural transition location encountered in flight, due to surface roughness or to flow
unsteadiness in the wind tunnel. As diagrammed in Figs. 2(a) and 2(b), when the transition
location is simulated incorrectly, the separation point may be located too far forward
(advanced) or too far aft (delayed) depending upon the details of the problem (freestream flow
conditions and geometry to name the simplest two). The thickness of the shear layers in the
experiment will also be incorrect. Consequently, Mabey? has concluded that, "generally
speaking, the failure to fix transition at an appropriate point on a wind tunnel model is probably
more serious than the failure to reproduce the correct Reynolds number."

As for the magnitude of scale effects, for either steady or unsfcady flows, it depends
largely upon whether transition is fixed or free on the wind tunnel model.9 For fixed transition
location, the effects are typically small for fully attached or well-separated flows as suggested
in the lift coefficient versus Mach number plots for a typical swept wing shown in Figs. 3.
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Figure 3(a) uses data from steady measurements and Fig. 3(b) uses data from unsteady
measurements. The effects can be large or medium for incipient separation as indicated in the
middle part of Figs. 3(a) and 3(b), respectively. For free transition, however, the effects can
be large for either attached or separated flows. And, unfortunately, many experiments in
unsteady acrodynamics and aeroelasticity over the years have been performed with free
transition. This practice can lead to unexpected results, as illustrated in the following
example.? In an experimental investigation of the naturally oscillatory flow that occurs on rigid
thick airfoils at transonic Mach numbers, wind tunnel tests were performed for a rectangular
wing with a 14-percent-thick biconvex airfoil section, over a range of Reynolds number with
the transition location first fixed (near the leading edge) and then with transition free. The data
obtained with fixed transition, shown in Fig. 4(a), indicated that oscillatory flow occurs due to
a periodic flow separation from the upper and lower surfaces (180° out of phase). This
periodic flow occurs over a narrow range of Mach number and is relatively independent of
Reynolds number, for the range of values that were considered. The data obtained with free
transition, however, shown in Fig. 4(b), are quite different from the data obtained with fixed
transition. With free transition, the range of Mach number in which the periodic flow occurs
varies with Reynolds number. In fact, for a small range of Reynolds number near 4 x 109, the
periodic flow no longer occurs. This obviously is an unexpected and disturbing result. Itis
disturbing since had the test been performed at a Reynolds number of only say 4 x 106, with
free transition, the periodic flow phenomenon would not have been observed at all, and
erroneous conclusions could have resulted.

Computational Aspects

Most computer codes developed for unsteady acrodynamic and aeroelastic analyses are
based on potential flow theory, although methods based on the Euler and Navier-Stokes
equations are being developed currently.” To determine Reynolds number effects on unsteady
aerodynamics, either a potential flow method with an interacted boundary layer capability or a
Navier-Stokes code is required. The potential flow method is desirable from a cost standpoint,
whereas the Navier-Stokes code is regarded generally as being more accurate since it includes
more of the flow physics. However, the accuracy of results obtained using a Navier-Stokes
code is subject to the limitations of the turbulence modeling.!1% 13 Typically cither equilibrium
or nonequilibrium turbulence models have been used. Results obtained using both types of

models are shown in Fig. 5 (taken from Ref. 13) for the NACA 0012 airfoil. Figure 5(a)
shows steady pressure distributions for a case involving attached flow (Moo = 0.7 and
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a = 1.49°) and Fig. 5(b) shows distributions for a case involving separated flow (Meo = 0.799
and o = 2.26°). For both cases, the Reynolds number was 9 x 106 and transition was fixed at
five percent chord. The pressure distributions for the attached flow case shown in Fig. 5(a)
indicate that the Baldwin-Lomax equilibrium turbulence model and the Johnson-King
nonequilibrium model produce similar results. Both sets of calculated pressures also agree
reasonably well with the experimental data, with noted differences near the shock wave on the
upper surface of the airfoil. The pressure distributions for the separated flow case shown in
Fig. 5(b), however, indicate that the Johnson-King model produces results which agree better
with the data than the Baldwin-Lomax model. This is because the Baldwin-Lomax equilibrium
turbulence model assumes that the turbulent shear stress depends only on the local properties of
the mean flow, and thus the eddy viscosity does not account for the nonequilibrium between
the turbulence and the mean flow in the outer portions of the viscous layers.!4 Consequently,
equilibrium models give poor predictions for flows involving strong shock-wave/boundary
layer interactions with the shock located typically too far aft. Alternatively, the Johnson-King
nonequilibrium model accounts for the history effects of the turbulence through an ordinary
differential equation for the maximum of the shear stress.!4 This maximum is then wed to
scale the eddy viscosity, and consequently, the Johnson-King model has been found to give
good predictions for transonic flows with strong viscous-inviscid interaction, 14

In three-dimensions, for example, similar comparisons of steady pressures computed

using the Baldwin-Lomax and Johnson-King turbulence models have been reported in Ref. 14.
The case that was considered involves the ONERA M6 transport-type wing at M., = 0.84,

a=6,06°, and Re = 11.7 x 106 (based on the mean aerodynamic chord). These calculated
results along with comparisons with experimental pressure data are presented in Fig. 6 (taken
from Ref. 14). The case that was selected involves shock-induced flow separation on the
upper surface of the wing, with some reverse flow indicative of a recirculation bubble that is
especially evident in the outboard region. Similar to the two-dimensional results of Fig. 5(b),
use of the Baldwin-Lomax algebraic turbulence model, shown in Fig. 6, results in an
underprediction of the size of the reverse flow region and consequently the shock wave on the
upper surface of the wing is predicted to be downstream of the experimental location. Use of
the Johnson-King equilibrium model, however, produces an upper surface shock that is
positioned close to the experimental location as well as overall pressure distributions that agree
well with the experimental pressure data. .

For unsteady flows, far less is known or understood about the effects of turbulence
modeling on the accuracy of the calculations. This is due in part to the fact that far fewer
unsteady calculations have been performed using viscous methods in comparison with steady
calculations. Also, the unsteady flow physics can be more complex, such that in addition to
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attached flow and separated flow cases, periodically separating and reattaching flows may be
encountered. These flows are inherently more difficult to analyze and thus little work has been
done to assess the accuracy of turbulence models for such flows. A noted exception is the
Navier-Stokes study of Refs. 12 and 13, where calculations were again performed using both
the Baldwin-Lomax and Johnson-King turbulence models for a pitching NACA 0012 airfoil.
For the results shown in Fig. 7 (taken from Ref. 13) the Mach number was 0.6, the angle of
attack was 4.86°, the pitch amplitude was 2.44°, the reduced frequency was 0.081, and the
Reynolds number was 4.8 x 105. Figure 7(a) shows the instantaneous pressure coefficient
distribution at & = 6.75°, and Fig. 7(b) shows the lift and moment coefficients during a cycle
of motion. The calculated results, in comparison with the experimental data, do not seem to
favor one turbulence model over the other, although the comparisons of lift coefficient suggest
that the Baldwin-Lomax model produces a more accurate result. This uncertainty in the
accuracy of turbulence modeling for this case as well as for others, suggests strongly that more
computational work is necessary to assess turbulence models for unsteady flows.

Recommendations

In the past, many experiments as well as calculations in unsteady acrodynamics have
been performed at conditions which involve attached boundary layers where the emphasis was
placed on learning about the flow physics associated with moving shock waves. More
recently, there is increased testing and computing of unsteady acrodynamics at conditions
resulting in incipient flow separation as well as massively separated flow.!5 Consequently,
greater attention should be paid to scale effects to help ensure that the results are physically
meaningful and relate to physics that are expected to be encountered in flight. Therefore,
specific recommendations are made in this section in the form of challenges to both the
experimental and computational technical communities, some of which are from Mabey.?

Experimental Challenges

In the past, many unsteady acrodynamic experiments were performed with free
transition. As discussed above, with free transition, scale effects can be very large and non-
monotonic and possibly lead to unexpected results. With fixed transition, scale effects are
much more likely to be monotonic and large effects are restricted typically to the onset of flow
separation. Consequently, unsteady experiments should be performed with fixed transition.9 -
Unsteady experiments should also be performed by varying Reynolds number and with

various transition positions.? The experimental community is further challenged to reconsider
unsteady acrodynamic testing in the NTF. Some exploratory type tests have in fact been
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performed in recent years using very small models in a cryogenic wind tunnel to achieve higher
Reynolds numbers (in the 0.3-Meter Cryogenic Wind Tunnel at NASA Langley) for unsteady
acrodynamics,!é and acroelasticity!? but general testing of much larger models should
commence in the NTF. Testing in the NTF could be done at full scale Reynolds numbers and
would leave only the issue of transition to be resolved.

Also, although some work indeed has been done on comparing unsteady aerodynamic
data obtained in the wind tunnel to similar data acquired in flight,'® further research efforts
should be made to perform such comparisons to help ensure that wind tunnel data is relevant to
flight. A possible safety-of-flight issue that is related to this recommendation involves flutter
clearance tests performed in wind tunnels such as the TDT. Specifically, dynamically scaled
models of aircraft are acroelastically tested at Reynolds numbers on the order of 106 and are
typically found to be free of flutter. However, at much higher Reynolds numbers of say 108,
which are encountered in flight, the shock waves on the vehicle may be much stronger.
Stronger shock waves often have a detrimental effect on aeroelastic stability, and consequently,
an aircraft model may be flutter free in the wind tunnel, when the full-scale vehicle flying at
much higher Reynolds number (all other conditions similar) may be flutter critical.
Computational Challenges

In the past, most unsteady acrodynamic calculations have been performed ata single
Reynolds number corresponding to experiment (say 106). However, unsteady calculations
should also be performed at much lower (104 to 105) and much higher (107 to 108) Reynolds
number as well as at fixed Reynolds number with varying transition location.? The
computational community is further challenged to exercise the different turbulence models that
are available currently to determine the sensitivity of the results to these models, as well as to
develop new models that are more appropriate for time-dependent separated flows.
Additionally, in all cases, effort should be made to determine the sensitivity of the calculation to
numerical parameters such as the number of grid points, the grid point distribution, and the
time step size. Every effort should be made to minimize the effect of these parameters on the
final solutions.

Concluding Remarks

The chapter summarized the limited knowledge of Reynolds number effects in unsteady
acrodynamics both experimentally and computationally. The discussion was restricted to time-
dependent flows about airfoils and wings, mainly because of the subsequent safety-of-flight
consideration due to aircraft acroelasticity. The present survey focused primarily on transonic
conditions involving attached, incipiently separated, and massively separated flows. Much
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more research work is needed to investigate the origin, magnitude, and consequences of scale
cffécts on unsteady aerodynamics in all speed regimes from incompressible to hypersonic.
Other conditions and geometrical situations should also be considered such as helicopter
blades, internal flow problems, laminar flow control designs, and complete aircraft
configurations including component interference effects.
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magpnitude of scale effects (Ref. 9).
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Re = 9 x 106 with transition fixed at 5 percent chord illustrating sensitivity with
respect to turbulence model for a separated flow case (Ref. 13).
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THE ROLE OF REYNOLDS NUMBER IN AEROACOUSTICS
Jay C. Hardin

INTRODUCTION

Acoustics is generally considered to be an inviscid fluid phenomenon, although all
sound is ultimately dissipated into heat by viscosity. The reason for this apparent
anomaly is that if viscous terms are included in the standard linear analysis, one
finds that the viscous attenuation is so slight that audible frequency acoustic waves
must travel many thousands of wavelengths before significant energy dissipation is
observed. For example, a 1 kHz wavs, traveling in still air at uniform temperature
and pressure, would have its amplitude reduced by 0.32 percent in a distance equal
to 1000 wavelengths(1). Thus, dissipative losses only become important for high
frequency sound propagation over long distances.

On the other hand, if one considers the generation of sound by flows rather than just
the propagation of sound through flows, one might expect to see a significant
Reynolds number effect. For example, probably the most common source of sound
in flows Is the acceleration of vorticity(2), which would not be present except for the
action of viscosity. Even here, however, a curious independence is observed, which
is apparently due to the fact that the large scale, efficient sound generation structures
in the flow change little with Reynolds number. Thus, as will be seen, only in certain
special cases and for certain measures, such as spectra, does Reynolds number
become critically important in aeroacoustics.

EXPERIMENTAL OBSERVATIONS

One of the most studied sound generating flows is produced by uniform flow over a
cylinder. At Reynolds numbers based upon cylinder diameter above about sixty, this
flow becomes unstable developing the characteristic von Karman vortex street wake
with its accompanying Aeolian tone. If one looks at steady state aerodynamic
properties of this flow, one finds significant Reynolds number dependence. For
example, the drag coefficient, shown in Fig. 1(3), changes by a factor greater than five
over the range 60<Re<108, most notably at the so-called drag crisis near

Re = 5 x 105. However, if one looks at the peak frequency f of noise radiation, plotted
on Fig. 2(4) in terms of the Strouhal number:

St = -fg- where D = cylinder diameter and U = incoming flow velocity

one finds that the Strouhal number is nearly constant, equal to 0.2, over the entire
range, even through the drag crisis.

Perhaps a more telling measure is to look at the spectra of the radiated sound, such
as shown in Figure 3. These data were collected by Revell(S) over the range
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0.89 x 105 < Re < 4.44 x 105. Note that, over this variation in Reynolds number by a
factor of five, while the peak frequency and peak level both increase with Reynolds
number, the spectral shape remains essentially the same, although the broadband
levels do increase somewhat more than the tones. It has already been shown that
the frequency shift can be normalized by Strouhal number. Figure 4 shows that a
similar relationship holds for the mean square pressure, i.e. integral of the spectrum.
Figure 4 displays the overall sound pressure level in decibels, i.e

P’
OASPL = 10Iog,0[53]

o

where p? is the mean square acoustic pressure and po is a reference pressure,
normalized by

60 log, M

where M is the Mach number. This normalization is based on the concept that the
cylinder exerts a force on the fluid which should produce a dipole-type source of
sound which theoretically scales as the sixth power of some characteristic flow
velocity. Note that this scaled pressure level, for both smooth cylinders as well as
those with various amounts of boundary layer tripping, varies little over the entire
Reynolds number range. Again this scaling depends upon inviscid flow properties.

The variation of acoustic spectra over a wider Reynolds number range is shown in
Figure 5.(6) These are spectra of supersonic jet noise (M~2) over the Reynolds
number range 7.9 x 103 < Re < 5.2 x 108 plotted as a function of Strouhal number.
Note that all the spectra peak at the Strouhal number of approximately 0.2, but the
spectral shapes are very different. At the lowest Reynolds number, nearly all of the
sound energy is concentrated in a single tone, while at the higher Reynolds
numbers, the spectra show a more broadband "haystack" type behavior.
Nevertheless, in spite of this change in spectral shape and change in Reynolds
number by a factor of 103, Figure 6 shows that the OASPL values are reasonably
invariant. Figure 6 is a directivity pattern or polar plot of the OASPL level in dB at a
distance of R/D=40 versus angle from the jet axis (6=0°). Note that here no velocity
scaling based on source type was necessary since the Mach number is nearly the
same in all cases. In these tests, the jet diameter D did vary some from jet to jet,
although the Reynolds number was primarily changed by density variations.

These data illustrate the surprising fact that, even though the source of the sound is
the acceleration of vorticity(2) or equivalently, the fluctuating Reynolds stress
gradients(?), both of which depend upon viscosity, only the spectra of the sound
which is generated vary substantially with Reynolds number. Apparently, a
characteristic instability is present and responsible for the sound generation at low
Reynolds numbers. As the Reynolds number is increased, a broader band of similar
instabilities is excited by the flow. Of course, the use of the decibel, where a change

in the mean square pressure by a factor of 2 only changes the level by 3 dB may
obscure Reynolds number variation.
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Another example of change in spectral shape with Reynolds number is shown in
Figure 7. These are spectra of noise radiation by a helicopter main rotor(8). in part a
of the figure, the rotor speed is 1050 rpm while in part b it has been lowered to 525
rpm. Note that this reduction in Reynolds number by a factor of two causes a peak to
appear in the spectrum with the higher thrust coefficient (Ct) in the range 5-10 kHz
which was not present at the higher Reynolds number. This peak is apparently due
to an airfoil tone phenomenon that can occur through feedback when the boundary
layer on at least one side of the airfoil is laminar. Since Reynolds number varies
linearly along the span of a rotor blade, precautions must be taken in rotor testing to
eliminate this tonal phenomenon which would not be present at full scale.

As a final example of the relative invariance of aeroacoustics over wide Reynolds
number ranges, Figure 8(%) presents spectra of fluctuating pressures inside a cavity
in an aerodynamic surface. These fluctuating cavity pressures lead directly to an
intense sound source known as cavity tones. Note that over the Reynolds number
range 6 x 106 < Re| < 99 x 106, where Rey is the Reynolds number per foot of cavity
length, there is little variation of the spectra when normalized by the dynamic
pressure q = 1/2pU..2 and plotted as a function of Strouhal number.

TRANSITIONAL FLOWS

In the previous discussion, it has been seen that Reynolds number has very little
effect upon aeroacoustics as long as the turbulent flows are fully developed.
However, in transitional flows, acoustics can have a significant impact, sometimes
changing the entire development of the mean flow field. A dramatic example of this
is shown In Fig. 9(10) where a completely stalled airfoil at high angle of attack has its
flow reattached by the addition of a sound field of the proper frequency. Of course,
this is a very low Reynolds number flow where the small perturbations introduced by
the sound field are significant compared to the turbulent fluctuations. At higher
Reynolds numbers, the sound field perturbations would be irrelevant. However, a
similar behavior has been observed in high Reynolds number turbulent jets where
the sound is introduced just at the jet exit where the flow instabilities are still small.
The downstream development of the jet can be made much more orderly by the
proper frequency acoustic excitation during this transitional stage.

The sensitivity of transitional flows to sound may be important in certain fields such
as laminar flow control. In addition, the experimentalist needs to be aware of such
phenomena and cautious such that they do not occur inadvertently.

CONCLUSION

Aeroacoustic phenomena have been shown to be reasonably insensitive to
Reynolds number except in transitional flows. Spectral shape displays some
dependence if Reynolds number changes are large, but overall levels and directivity
are essentially unchanged if properly normalized. This invariance can be utilized to
great potential advantage both experimentally and computationally.
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It should be mentioned that there are still areas of aeroacoustic concern, such as the
converslon of acoustic energy into vortical energy by sound absorbing materials,
where Reynolds number dependence may be important. As research delves more
deeply into such phenomena, the role of Reynolds number in aeroacoustics will
become clearer. To date, aeroacousticians have paid little attention to Reynolds
number as it has not been an obvious parameter affecting noise generation.
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Reynolds Number Influences in Hypersonics
By

Thomas J. Horvath

Summary

This chapter identifies several hypersonic fluid dynamic
phenomena which are influenced by viscous effects (i.e., Reynolds

number). Reynolds number is a measure of the ratio of the inertia

to viscous force and by definition is Re = pUL/| where p is density,
U is velocity, L is a characteristics length, and B is the

coefficient of viscosity. Specifically, this chapter provides a

brief survey of those phenomena encountered in the hypersonic flow
regime which are, or are thought to be influenced by viscous
effects. It is not intended to be all inclusive, but rather
provide a stimulus for identifying areas of deficiency in the
understanding of the fluid physics driving these phenomena. A
brief overview of hypersonics relevant to the topic of this
chapter is included so as to allow the reader a more thorough
understanding of the concepts to be discussed. Where appropriate,

suggestions are made for the direction of future research.

I. INTRODUCTION

This section of the chapter is intended for Fhe non-
specialist who may not be familiar with some of the physical
aspects of hypersonic flow. A working definition of hypersonic

flow and how it is physically different from that encountered at
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subsonic, transonic, or supersonic conditions is useful for the
subsequent discussions of Reynolds number effects. The hypersonic
vehicle designer is concerned with Reynolds number effects as they
may influence the aerodynamic and aerothermodynamic characteris—
tics of the vehicle under consideration. The subsequent review
is to a large extent from Anderson 1989, and the interested reader
is referred to this reference for a much more thorough intro-
duction to hypersonics.

The study of hypersonic aerodynamics and aerothermodynamics
is associated with high-speed flows and is of particular interest
to the design of missiles, spacecraft such as the shuttle, and air-
breathing aircraft currently under study such as the National Aero-
Space Plane (NASP). Simulation parameters exist which allow the
designer to relate measurements made on scaled wind tunnel models
to those which occur in flight. Four of the more important

simulation parameters in hypersonic testing include

Mach number (M) a measure of compressibility effects
Reynolds number (Re) a measure of viscous effects

Density ratio or ratio simulation of one aspect of a real/
of specific heats () gas

Wall-to-adiabatic wall measure of energy driver potential

temperature ratio (Tu/Taw)

The relative importance of these parameters 1is dependent on

several factors with the most important factor being model shape
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(blunt versus slender) which in turn dictates the speed regime
(subsonic, transonic, supersonic, and hypersonic) characterizing
the flow field about the model. Anderson states that there is a
conventional rule of thumb that defines hypersonics as the case
when the vehicle velocity is greater than 5 times the local speed
of sound or the free stream flow velocity in a hypersonic wind
tunnel exceeds the free stream speed of sound by a factor of 5.

He acknowledges, however, that the definition of hypersonics as

M > 5 is somewhat arbitrary. More realistically, hypersonic flow
is defined as that flow regime where certain physical phenomena
become important that were not found or were not significant at
lower speeds. For example, consider the flow field about a body
moving through the atmosphere at a velocity which exceeds the
local speed of sound (M > 1). One of the many differences between
a subsonic and the supersonic/hypersonic flow is the formation of
a detached bow wave which forms ahead of the body and wraps around
it. In a subsonic flow (M < 1) disturbances are communicated
upstream via pressure waves and random molecular motion alerting
the flow to the approaching body. At supersonic/hypersonic speeds
these disturbances cannot propagate upstream and instead coalesce
at a finite distance from the body forming what is generally
referred to as a shock wave. The post shock region, that is, the
flow field between the shock wave and the body is defined as the

shock layer. Major changes in flow properties (pressure,

98



temperature, density, velocity) and composition (at sufficiently
high velocities take place across this shock wave, the largest

changes occurring where the shock is normal to the oncoming flow.

Thin Shock Layers

Shock waves are characteristic of hypersonic flow. From

theory, it can be shown that for a given flow deflection angle,

the density ratio (p,/p;)across the shock wave becomes

asymptotically larger as the free stream Mach number is increased.
This increase in density ratio would be expected to produce a
decrease in the shock wave deflection angle. (From mass
conservation principles, as the density in the postshock region
increases, the shock layer thickness would have to be decreased in
order for the mass flow across the shock to remain nearly

constant.) Consider the Mach 3 flow of a perfect gas with a ratio

of specific heats or gamma equal to 1.4 (y = C,/Cy, = 1.4) over a

wedge of 15° half angle. From standard oblique shock wave theory,
the shock wave angle will be approximately 32° relative to the
free stream flow. By comparison, a Mach 36 perfect gas flow over
the same wedge will produce a shock wave angle of 18°, as shown in
fig. 1. If high temperature, chemically reacting effects
(commonly referred to as real gas effects) are ingluded, the shock
wave angle will be even smaller. Discussed subsequently, real gas
effects produce changes in the shock density ratio which

ultimately governs the shock detachment distance and wave angle.
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This shock layer is thin and it is a basic characteristic of
hypersonic flows. At low Reynolds numbers (to be discussed at a
later point), shock wave and boundary layer thicknesses increase
substantially and become an appreciable portion of the shock layer
itself and viscous effects may become more dominate on the aero/
aerothermodynamic characteristics of a hypersonic vehicle under

consideration.

Vviscous Interaction

Consider a boundary layer on a flat plate in a hypersonic
flow, as shown in fig. 2. A high velocity hypersonic flow
contains a large amount of kinetic energy; when this flow is
slowed (the no-slip boundary condition dictates that V = 0 at the
wall) by viscous effects within the boundary layer, the lost
kinetic energy is transformed into internal energy of the gas
(temperature for a perfect gas)--this is called viscous
dissipation. Generally speaking, hypersonic boundary layers are
characterized by such temperature increases. One consequence of
this temperature increase is a thickened boundary layer. Assuming
the static pressure is constant through the boundary layer normal
to the surface, the increase in temperature corresponds to a
decrease in the fluid density (through the equation of state).
From mass flow conservation principles, as the depsity in the
boundary layer decreases the boundary layer thickness (or
velocity) must increase. The above argument is highly simplified

and neglects, for example, three-dimensional effects; however, it
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does illustrate that hypersonic boundary layers can grow more
rapidly than their counterparts at lower speeds (or Mach numbers) .

It can be shown that for laminar compressible flow along a flat

plate the boundary layer thickness d grows as

M
S0 e (1)

where M, is the local edge Mach number, and Re, is the local

Reynolds number pased on distance from the leading edge X. Since
8 varies as the square of M., boundary layers can become quite

thick at hypersonic conditions.

Thick boundary layers can exert a displacement effect on the
inviscid flow outside the boundary layer, causing a given body
shape to appear much thicker to the approaching flow. Due to the
neffective" increase in thickness, the outer inviscid flow is
altered; the inviscid flow field changes in turn feed back into
the boundary layer affecting its growth. This cycle of inter-—
action is referred to as viscous interaction which may result in
first order effects on both aerodynamic and aerothermodynamic
characteristics. The hypersonic viscous (as opposed to inviscid)
flow over a flat plate is often used to illustrate this point. 1In
the viscous case, a boundary layer develops initially from the
leading edge and the rate of growth of the boundary layer displace-

ment thickness in this region is generally quite large. As a
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result, a locally strong shock is formed in the region of the
leading edge with accompanying increases in pressure and density
(in contrast to the inviscid case where, in the absence of a
boundary layer, the pressure is constant with distance X). These
pressure and density increases tend to make the boundary layer
thinner than would be expected (although the boundary layer itself
is still thick on a relative scale) and result in velocity and
temperature gradient increases at the wall. As a direct
consequence, skin friction and heat transfer levels are enhanced
(particularly at the leading edge) when viscous interactions are
present. Enhanced heating is of utmost importance to the aero-
thermodynamicist who is concerned with incorporating an effective
thermal protection system (TPS) into his design. The implications
for a slender or moderately slender hypersonic vehicle imply that
lift, drag, and stability of the vehicle may be influenced.
Consider fig.3, which illustrates the viscous interaction on a
sharp right-circular cone at 0° angle of attack. Here, the
pressure distribution on the cone surface p is given as a function
of axial distance. If there were no viscous interaction, the

inviscid pressure would be constant and equal to P. (indicated by

dashed line). Because of viscous interactions, the pressure in
the vicinity of the nose exceeds the inviscid value (the surface
pressure decays further downstream, ultimately approaching the
inviscid value far downstream).

The degree to which viscous interactions affect the flow

field characteristics increase with Mach number and decrease with
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Reynolds number and thus can be particularly important for slender
vehicles flying at high altitudes. At very low Reynolds numbers
it is possible for the hypersonic boundary layer and shock wave to
become so thick that they essentially form a merged shock layer.
This type of condition can also arise for both slender and blunt
bodies. At high altitudes, the shock wave itself becomes smeared
(as opposed to being infinitesimally thin) and results in a merged

shock layer.

High Temperature Flows

The higher temperatures associated with hypersonic flight
have been alluded to in the earlier discussion of viscous
dissipation. These high temperatures occur within hypersonic
shock layers and boundary layers and can lead to imperfect gas
effects (e.g., vibrational excitation, dissociation and recombi-
nation, and ionization) and will be referred to herein as real gas
effects. The onset of appreciable real gas effects in flight in
air occurs when the vehicle velocity approaches 10,000 ft/sec. It
is possible in ground-based facilities (e.g., wind tunnels) to
achieve high Mach number flows without these high velocities (or
enthalpy levels) by expanding the test media to very low values of
free stream static temperature, hence speed of sound. For this
reason, vehicles flying or models subjected to velocities in
excess of 10,000 ft/sec are often referred to as being in the
hypervelocity regime. If the surface of a hypersonic/

hypervelocity vehicle is protected by an ablative heat shield,
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then the products of ablatioq will be present in the boundary
layer giving rise to additional chemical reactions; surfaces of
hypersonic vehicles can be wetted by a chemically reacting
boundary layer.

'For example, consider the nose region of a blunt body (or the
nosecap of a slender configuration) as sketched in fig. 4. At the
stagnation region, the bow shock wave is locally normal to the
flow, and as a result, the temperature increase behind the shock
at high speeds can be quite significant. Anderson 1989,
calculates that for an Apollo lunar return capsule traveling at
Mach 32.5 (altitude 53 km) the temperature immediately behind the
bow shock is approximately 12,000 K. This calculation was based
on the assumption of a chemically reacting flow in thermochemical
equilibrium (see next paragraph). If chemical reactions are
ignored the calculated post shock temperature will be much higher;
for this particular example one will erroneously compute
temperatures on the order of 58,000 K behind the shock wave. This
is because the energy that goes into chemical kinetic processes
(e.g., rotational and vibrational excitation, dissociation...) is
not accounted for. At hypervelocity conditions this energy can be
quite large resulting in the erroneously high temperature
calculations. So for a high velocity hypersonic flow, not only
can the boundary layer be chemically reacting, but the entire
shock layer can be dominated by chemically reacting flow.

The reaction rates of dissociation and recombination

processes are important to the understanding of a hypervelocity
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flow. The residence time of molecules and/or atoms in the
vicinity of body compared to the time for a chemical reaction to
occur i1s a key factor in real gas phenomena. If the temperature
of the shock layer is increased to a high enough level where
chemical reactions are important then time itself becomes a
critical factor. If chemical reactions take place very rapidly in
comparison to the time it takes for a typical fluid element to
traverse the flow field of interest then the flow is in chemical
equilibrium. If the chemical reactions occur over a much longer
time period than it takes a fluid element to traverse the flow
field of interest then nonequilibrium conditions exist (or in the
limit "frozen").

Another aspect of the entry-body flow field is sketched in
fig. 5. If the shock layer temperature is high enough, the fluid
will begin to emit radiation. The thermal radiation emitted by
the gas gives rise to a radiative heat flux to the vehicle surface

(and is referred to as radiative heating, q,). This radiative heat
transfer augments the convective heating, q., which is already

present by virtue of the frictional dissipation within the
boundary layer. For example, during the Apollo re-entry,
radiative heat transfer was more than 30 percent of the total
heating. For a space probe entering the atmosphere of Jupiter,
the predicted radiative heating will account for over 95 percent

of the total heat load.
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Low Density Flows

The discussion thus far has assumed the flow is in continuum.
That is, the mean free path (distance) that molecules or atoms
travel before colliding with each other is small relative to same
characteristics length of interest in the flow field. However,
there are certain hypersonic applications which involve densities
low enough that the continuum assumpt.ion is no longer valid.
Consider the Space Shuttle reentry. As it descends from orbital
altitudes it passes from a free molecular regime to a much denser
portion of the atmosphere which is referred to as the continuum
regime. Somewhere in between is termed the transitional regime
(this is not to be confused with boundary layer transition). 1In
free molecular flow the mean distance a molecule moves between
collisions can become as large as the scale of the body itself,
Aerodynamic characteristics are then determined by individual
scattered molecular impacts. The transition regime is
characterized by "slip" conditions at the body surface. Slip
conditions refer to the fact that the viscous flow boundary
conditions at the wall fail (that is, the velocity at the wall is
not zero and the gas temperature immediately adjacent is not equal
to the wall temperature). More relevant to this chapter is the
fact that in this regime shock layers are characterized by
relatively thick boundary layers and thick shock waves.,

The similarity parameter that is used to characterize these

different regimes (free molecular, transitional, continuum) is the
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Knusden number, defined as Kn = A/L, where L is a characteristic

dimension of the body and A is the mean free path length discussed

earller. The values of Kn in the different regimes are noted in
fig. 6, taken from Moss and Bird, 1984. Note that for Kn < 0.2
the continuum assumptions are valid and the Navier-Stokes
equations are applicable. However, slip effects must be included
in these equations when Kn > 0.03. The effects of free molecular
flow begin around a value of Kn =1, and extend out to the limit
of Kn becoming infinite, Hence, the transitional regime is
essentially contained within 0.2 < Kn < 1.0. The Knudsen number
is the commonly employed criterion to determine if low-density
effects are important, and to what extent. For example, if Kn is
very small, the flow will be in continuum; if Kn is very large,
the flow will be free molecular. A hypersonic vehicle entering
the atmosphere from Space will encounter the full range of these

low-density effects, down to an altitude where continuum
aerodynamics takes over. Because Kn = A/L is the governing
parameter, the altitude below which continuum assumptions are
valid is dependent on the characteristic length. Hence, large
vehicles experience continuum tlow to higher altitudes than small
vehicles. Moreover, if we let the characteristic length be a

running distance x from the nose or leading edge of the vehicle,

then Kn = A/x becomes infinite when x = 0. Hence, for any vehicle
at any altitude, the flow immediately at the leading edge is
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governed by low-density (low Reynolds number) effects. For most
practical applications in aerodynamics, this leading edge region
is very small, and is usually ignored. However, for high-altitude
hypersonic vehicles, the proper treatment of the leading edge flow

by low-density methods can be important.

Hypersonic Flow Summary

Hypersonic flow can be defined as that flow regime where all
or some of the previously discussed physical phenomena become
important as the Mach number and/or velocity is increased to high
values. This overview, taken ftrom Anderson, has been
intentionally restricted to those topics relevant to the topic of
this chapter--namely, Reynolds number effects. It 1s hoped that
the subsequent discussions in this document will be easier to
follow. To help reinforce the physical phenomena outlined, fig.
7, high-lights some physical aspects associated with hypersonic
flight.

The remainder of the paper focuses on identifying several
physical phenomena that are or are speculated to be influenced by
Reynolds number or viscous effects. Because the basic aim of any
wind tunnel test is to determine the full-scale aerodynamic/
aerothermodynamic performance of a particular concept, the hyper-
sonic Reynolds number trends are identified by highlighting
discrepancies between laboratory and flight data. Emphasis is
placed on but not strictly limited to the Gemini/Apollo and

shuttle flight programs.
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II. HYPERSONIC SIMULATION

Many aerodynamic phenomena are adequately simulated in wind
tunnel by achieving the Mach and Reynolds number corresponding to
actual flight conditions. The transition to the hypersonic regime
significantly complicates the simulation problem, as the changes
in air properties at high temperatures must now be taken into
account. The larger number of simulation criteria for hypersonic
flight makes it virtually impossible to completely simulate flight
conditions in a conventional hypersonic wind tunnel (e.g.,
stationary model, moving air stream). As reviewed by Witcofski
and Scallion, 1987, ballistic ranges can duplicate velocities andb
densities associated with hypervelocity entry into planetary
atmospheres and Earth entry from planetary return. This is
achieved by firing scaled model through a well defined quiescent
test gas. Model size for a facility of this nature makes it
difficult, however, to duplicate phenomena associated with a real
gases (e.g., atomic recombination - wall catalysis, combustion,
radiation).

In a conventional hypersonic blowdown wind tunnel, a steady
isentropic expansion from stagnate reservoir conditions is
employed to accelerate the flow to the desired conditions. As the
flow is expanded to hypersonic conditions (in air) the Reynolds
number decreases primarily due to a decrease in f}uid density.
Thus, in order to achieve a given Reynolds number at high Mach
numbers large stagnation densities (pressures) and temperatures

are required. The large temperatures are required to prevent
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condensation of the test medium during the expansion process. The
maximum obtainable Reynolds number in a hypersonic wind tunnel is
dependent on the structural ability to contain high pressures and
temperatures; hence limiting high Reynolds number hypersonic
research. Probstein, 1961, illustrates this point by analyzing
the requirements to study the aerodynamic/aerothermodynamic
characteristics of a vehicle 6 m long flying at an altitude of 40
km and a speed of 3 km/sec. He assumes a wind tunnel model length
of 0.4 m. To match flight Mach and Reynolds numbers, the air in
the wind tunnel reservoir must be compressed to 150 atm and heated
to a temperature of approximately 800 K to avoid condensation.

For the proposed wind tunnel simulation, the stagnation tempera-
ture of 800 K will only mildly excite the molecular internal
energies. Because the actual flight vehicle flies at 3 km/sec the
air temperature in the vicinity of the nose during flight will be
on the order of 3,000 K. For such high temperatures, the internal
degrees of freedom of the molecules will become excited and
dissociation of the oxygen molecules can occur. Therefore, flow
phenomena for the wind tunnel simulation will take place under
conditions which do not correspond to the enthalpy levels of
flight.

This is not to imply that the classical Mach-Reynolds number
similitude parameters are not important. Chemical processes in
flight are often restricted to localized regions of the flow and
the resultant effects on the aerodynamics of the vehicle can be

small. Figure 8 taken from Lukasiewicz, 1973, illustrates the
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Reynolds number/Mach number regimes encountered by various
vehicles. This figure should be compared with fig. 9 (obtained
from Witcofski, LaRC) which indicates the Agency (NASA) capability
to simulate free stream Reynolds number in air, nitrogen, and
helium wind tunnels via an isentropic expansion from a stagnate
high temperature and pressure gas. The free stream Reynolds
numbers shown in this chart are based on nominal model lengths for
each NASA facility. For reference purposes, a shuttle descent
trajectory along with a proposed NASP trajectory are shown. Up to
Mach 10, the capability to simulate Mach/Reynolds number for
reentry is good. However, for proposed airbreathers such as NASP
on ascent, there appears to be a lack of agency facilities to
properly simulate viscous effects particularly above Mach 8.
Simulation of the free stream Reynolds number for a given
Mach number, however, does not insure that boundary layer develop-
ment over the wind tunnel model will be equivalent to that over
the actual flight vehicle. Boundary layer development (and hence
viscous interactions) are dependent upon several factors; some of
the primary factors are boundary layer edge Reynolds and Mach
numbers, the ratio of the wall temperature to boundary layer edge
temperatures, and, the existence of entropy gradients. (As
discussed by J. C. Adams, 1975, entropy gradients develop as
streamlines pass through a highly curved shock and can effect the
local edge conditions as these streamlines merge with the
developing boundary layer - often referred to as entropy

swallowing). It is generally accepted that correlating wind
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tunnel data with flight data using a Reynolds number based on free
stream conditions is not always appropriate. For example, at the
same value of free stream Reynolds number, large differences
between wind tunnel and flight values for edge Reynolds and Mach
numbers have been calculated by Thomas, 1967, fig. 10 for sharp
flat plates. At high angles of incidence, differences of up to 80
percent can be expected. Since boundary layer characteristics and
in particular transition are strongly influenced by the local edge
conditions differences of this magnitude can be important. Hence,
the first problem to be solved in a flight/laboratory data
comparison is to determine what correlation parameter(s) are

relevant,

IIT. EARLY BLUNT BODY EXPERIENCE
Gemini

On March 23, 1965, the third Gemini mission was completed
with Grissom and Young splashing down after completing three Earth
orbits. One significant aspect of this flight is that the capsule
fell 60 miles short of the targeted recovery area. Like the
Apollo command capsule it preceded, the Gemini capsule was
designed with a center of gravity offset from the geometrical axis
of symmetry. This allowed the vehicle to trim at angle of attack
and develop lift. A comprehensive preflight wind.tunnel data base
was established to provide an accurate knowledge of the Gemini
stability characteristics. After the flight, a variety of

explanations were postulated to explain the undershoot during
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reentry. Existing wind tunnel data was re-examined and new experi-
mental information obtained. The ensuing test program
(reexamination) and results are detailed by Griffith, 1967.
Previous research had indicated that correlation of viscous
effects on slender bodies was best accomplished through a viscous
interaction parameter (the interested reader is referred to
Anderson, 1989 page 302-320 for a detailed discussion of this
parameter). However, for a blunt body such as the Gemini capsule
during reentry, the primary flow field of interest to the designer
becomes the flow behind the bow shock wave. Figure 11 gives a
qualitative sketch of the flow field characteristics. It follows
that a Reynolds number based on the properties behind the shock
becomes a more meaningful correlation parameter than the free
stream Reynolds number. From Griffith's investigation, it was
determined that significant viscous effects occurred in the
separated flow region about the Gemini capsule. At low Reynolds
number (high altitudes-low densities), the flow on and around the
corner of the heat shield is believed to have remained attached

for Re,2q9 = 2400-5400, resulting in a rearward shift in the center

of pressure. This shift is summarized in figs. 12 and 13. At
small angles of attack, a large shift in the center of pressure is
observed. Figure 13, shows an increase of 4.7° in trim angle was
evident with a corresponding 60 percent overestimate in L/D. The
correctly correlated data agreed very well with the actual splash
down location experienced by Gemini 3. Correctly selecting the

proper correlation parameter (Reynolds number based on post shock
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conditions) and recognizing the potentially significant viscous
effects at low Reynolds on separated flows was extremely important
for hypersonic blunt body analysis. Although viscous effects are
speculated to have been the primary cause of the rearward shift in
the center of pressure, the influence of real gas effects on the
flow expansion around the heat shield corner has not been

adequately addressed.

Apollo Program

Approximately 1.5 years later a similar flight anomaly
occurred during re-entry of Apollo AS202 (an unmanned flight)
which resulted in the capsule being recovered 200 miles from the
intended recovery point. As with the Gemini case, a comprehen-—
sive post-flight wind tunnel test program examined the discrep-
ancies concerning the original aerodynamic data base. It was
determined that the actual flight L/D ratio was significantly less
than predicted. Although viscous effects were believed to have
been a contributor to the trajectory discrepancy, it is recognized
that unlike the Gemini experience, several other factors may have
led to the unexpected loss in L/D. As discussed by Lukasiewicz
1973, the geometry of the Apollo heat shield was not preserved
between preflight wind tunnel models and the actual flight vehicle
which resulted in significant changes (20 percent in L/D) to the
stability characteristics. Lukasiewicz believed that real gas
effects on Apollo stability characteristics were not significant

at velocities up to 27 kft/sec and that Mach number influences
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were observed up to approximately M = 14 (substantially higher
than indicated in previous blunt body investigations). To this
date, there remains much controversy in the aerodynamic community
regarding these conclusions concerning the interpretation of the
early Apollo hypersonic data base. It was determined by Griffith
and Boylan that viscous effects were present at high altitude/low

post shock Reynolds numbers (for the Apollo geometry), fig. 14.

At a given O, L/D nearly doubled as simulated altitude decreased

from 350,000 to 130,000 ft which may illustrate the importance of
viscous effects on the Apollo capsule at high altitude.

The discussion up to this point has been limited to low
density (low Reynolds numbers) viscous effects on the aerodynamic
characteristics of blunt bodies. Because of the expected large
lunar return velocities for Apollo, the issue of aerodynamic
heating was also of primary concern. Prior to the flights of the
Apollo, an effort was made to determine the radiative heat-
transfer rates to the blunt capsule heat shield. As discussed by
Park, 1985, it was found that laboratory results indicated that
radiation would be significantly enhanced in the low density (high
altitude) low Reynolds number regime because of the lack of
chemical equilibrium. In direct contrast, flight tests conducted
aboard a subscale Apollo configuration (known as Project Fire)
yielded results that indicated limited radiation enhanced heating
in the low density low Reynolds number regime. To this date, the

apparent discrepancy between laboratory data conducted in shock
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tubes and ballistic ranges, and flight data has not been resolved
completely. Our lack of understanding of this phenomena will have
consequences for the future design of vehicles referred to as
ASTV's (Aerocassisted Space Transfer Vehicles). ASTV's are
designed to perform orbital changes or planetary aerocapture
missions by flying through the outer portion of the atmosphere and
decelerate/maneuver using aerodynamic forces (as opposed to using
chemical propellants). ASTV concepts are discussed in detail by
Walberg 1982. More recently, Jones 1987, pointed out several key
issues involving ASTV's and the impact of the conflicting data
obtained from the Apollo era on their design. Jones points out
that the radiation heating levels measured by Project Fire may
have been significantly reduced before reaching the wall by
absorption in the ablation layer. Furthermore, data were obtained
on a much smaller scale vehicle, where the shock layer may not
have been thick enough to suppress the viscous effects experienced
at higher altitudes. That is, at the low Reynolds numbers
experienced at high altitudes, the viscous boundary layer occupied
a large fraction of the shock layer thickness, and as a result,
suppressed the temperatures significantly through much of this
region. This reduced the radiative heating measured on the
subscale Apollo configuration. The situation is qualitatively
illustrated in fig. 15. Consider a hypersonic blgnt body as
depicted at the top of the figure. The large amount of kinetic
energy associated with the hypersonic free stream (or vehicle) is

converted to thermal energy across the strong bow shock wave. The

116



vibrational mode can become excited, and at sufficiently high
enough speeds, the energy will be sufficient to dissociate and
ionize the air in the shock layer. Atomic and molecular species
become important sources of radiation which promote additional
heating above and beyond the convective component found at slower
speeds. A series of collisions is required to establish thermo-
dynamic and chemical equilibrium; however, the time associated
with these processes varies depending on the reaction involved.
Thus, the amount of radiation received at the vehicle wall depends
on the transient time a radiating fluid element spends in the
shock layer. This is depicted in the lower half, fig. 15, where
the gas temperature and associated radiation intensity levels are
plotted as a function of distance to the vehicle surface. During
the initial compression (immediately behind the shock wave) the
temperature attains values approaching those values associated
with an ideal molecular gas since the translational modes are
rapidly excited. As energy is diverted to the less rapid
excitational modes of vibration and rotation and finally to
dissociation and ionization, the tempera-ture drops off with time
(and hence distance) and eventually reaches an equilibrium value.
The strong upsurge in radiation immediately behind the shock
results from the fact that several of the internal energy models
have not yet absorbed their share of energy; the excess energy
appearing as thermal energy. If the air density in the shock
layer is low enough, an insufficient number of molecular
collisions to achieve equilibrium conditions exists. The
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radiation will then be Principally from the gas which is in
nonequilibrium. If the density of the gas in the shock layer is
increased, the radiation may well be approximated by equilibrium
values. If the density of the gas is high enough, strong
reabsorption of the emitted radiation can occur. Reabsorption
reduces the radiative heating from the value it would otherwise
have. It is speculated that the Project Fire radiative heating
was suppressed in such a manner by virtue of the presence of a
very thick ablating boundary layer. At high altitudes (low
Reynolds number) this ablative boundary layer occupied a
significant portion of the boundary layer attenuating the
radiative heat flux directed towards the surface. It should be
noted that other féctors could have contributed substantially to
the observed phenomenon. Park, 1983, pointed out that there are
problems with the shock tube and ballistic range data which may
have resulted in eérroneous conclusions.

The situation in regards to Reynolds number effects on hyper-
sonic blunt bodies is complex. It appears that at low Reynolds
numbers hypersonic L/D is reduced somewhat by viscous effects. 1In
terms of predicting the radiative heating that may be experienced
by large, blunt aerobraking configurations, the pPicture is not
clear. Miller and Wells, 1990, summarized the current dilemma:
If the conclusions reached in the early 1970s and‘based on the
analysis of Apollo and Project Fire flights are essentially
correct, then radiative heating will be a contributing, but not a
dominating consideration, and the prospects look very bright for
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the successful development of large, very blunt aerobrakes. If,
however, these prior data were significantly altered by the
effects of ablation and the viscous layer, and the more recent
estimates are essentially correct, then the blunt ASTV would
produce a high radiative heating level which might not be
tolerable with lightweight nonablating thermal protection
materials.

There is little possibility of settling the blunt body
radiative heating issue with new ground based data; there are no
agency facilities capable of producing the high energy (velocity),
low density (low Reynolds number) test conditions with sufficient
run times to perform aero and aerothermodynamic assessments of
advanced aerospace vehicle concepts. The inadequacy or lack of
ground based data dictates that computational methods be utilized
to predict the ASTV environment. However, computational models of
viscous effects on blunt body aerodynamics and radiative heat
transfer have not been thoroughly validated. A flight experiment
seems to be the only method to obtain data needed to verify
current computational models. Indeed, a flight experiment was
advocated to collect data for the anticipated flight velocity and

Reynolds number ranges and is detailed by Jones, 1987.

IV. HYPERSONIC BOUNDARY LAYERS
Two additional phenomena that exhibit a strong influence with
Reynolds number, and probably the most important aerodynamic/

aerothermodynamic concerns for a designer are boundary layer
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transition and flow separation/reattachment. In high speed
flight, the state of the boundary layer can strongly influence the
design of vehicles through its effect on skin friction drag and
aerodynamic heating. At hypersonic speeds, all things remaining
equal, turbulent boundary layer heating can be several times
greater than laminar heating. We have seen how a sustained flow
attachment around the Gemini/Apollo heat shields contributed to
significant changes in the stability characteristics. The next
section of this paper highlights specific instances which occurred
during the Shuttle program which emphasize just how difficult it
is to predict the orbiter entry environment where boundary layer

transition is concerned.

T ity
Boundary layer/shear layer transition phenomena, although
studied extensively, is not well understood (the interested reader
is referred to Bushnell, 1989 for additional reference material),
The flow physics of transition is very complicated particularly at
hypersonic speeds where a variety of variables not found at lower
speeds, are present. Accurate knowledge of transition phenomena
and the transition Reynolds number are essential for the optimum
design of a thermal protection system. An excellent overview of

the hypersonic transition problem is given by Stetson, 1990.
Stetson points out that in the past, most hypersonic transition
problems have been associated with re-entry vehicles (e.gq.,

shuttle orbiter, missiles), where transition initially developed
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on the aft section of the vehicle and moved forward in only a few
seconds. The vehicle subsequently experienced an all turbulent
boundary layer flow. For the Shuttle Orbiter, boundary layer
transition from laminar to turbulent flow along the windward
centerline nominally occurs 1100 to 1200 seconds following entry
corresponding to a nominal Mach number of 10 and a Reynolds number
of 6 x 106 (STS 1-5), Goodrich et al., 1983.

During the STS-28 entry a particularly asymmetrical boundary
transition occurred on the windward surface and required excessive
control surface movement, usage of more than a normal amount of
RCS propellant, and TPS tile damage. Postflight analysis of
surface temperature measurements on the orbiter indicated that
transition to turbulent flow occurred at Mach 18. What was unique
about this flight was the fact that transition patterns were very
asymmetrical with all indications pointing to early tripping on
the orbiter left wing. It was found that the flight control
system responded to compensate for the resulting induced sideslip
and rolling moment through the use of the orbiter ailerons and
reaction control jets and adequate flight control margins were
maintained at all times during descent. Early investigations
indicated that external disturbances (protruding gap fillers on
the left forward area of the orbiter) most likely resulted in the
asymmetric transition patterns. The incident clearly illustrates
the influence the state of the boundary layer can have on hyper-
sonic entry aerodynamics and our need to understand and predict

more accurately transition phenomena.
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Because transition occurred approximately 300 seconds earlier
on this mission, the orbiter windward surface was exposed to a sub-
stantially longer period of increased aerodynamic heating. Peak
temperatures on the vehicle surface and internal substructure were
within ranges experienced on pPrevious flights; however, there was
a concern that the high heating levels experienced during STS-28
entry, coupled with tile damage experienced on an earlier mission
(STS-27), could result in substantial damage to the Thermal
Protection System.

The ability to predict the transition Reynolds number at
hypersonic speeds is important to reducing the risks involved.

For hypersonic airbreathing configurations such as the
National Aero-Space Plane (NASP), where the vehicle may spend
prolonged periods in the atmosphere and experience a turbulent
boundary, the need for accurate prediction becomes crucial (to
optimize propulsion and TPS requirements) .

Predicting the Reynolds number for the onset of transition
has always been a challenge regardless of the speed range.
Anderson, 1989, attempted to functionally define (in a qualitative
sense to illustrate the complexity of the problem) the hypersonic

transition Reynolds number

Rer=f ( Me,8c, Ty, o kg, E, gﬂ RnRe-/ft2 v.c %W To,d%,1 z)
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where M, is the Mach number at the edge of the boundary layer, 6.

is a characteristic defining the shape of the body (for a cone, 0.

would be the cone angle), T, is the wall temperature, m is mass
addition or removal at the surface, @ is the angle of attack, kg is

a parameter expressing the roughness of the surface, E is a
general term characterizing the "environment" (such as free-stream
turbulence, or acoustic disturbances propagating from the nozzle
boundary layer in a wind tunnel), 9dp/dx is the local pressure

gradient, Ry is the radius of a blunt nose tip, Re./ft is the unit
free stream Reynolds number, x/Ry 1s the location of the boundary

layer while it is immersed in the entropy layer generated by the
nose (effects of the entropy layer can be felt more than a hundred
nose radii downstream of the tip), V is an index of the vibration
of the body, C is the body curvature, ow/dz is the cross—flow

velocity gradient, T, is the stagnation temperature, d* is a
characteristic dimension of the body, T is a chemical reaction

time, and Z is an index of the magnitude of chemical reactions
taking place in the boundary layer.

It is beyond the scope of this paper to address the effect of
each of the variables on the transition Reynolds number; however,
the functional relationship outlined above highlights several

parameters unlque to the hypersonic problem. Fortunately, for a

given situation, not all transition mechanisms are of equal
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importance and it is up to the researcher to make an intelligent
judgement as to which mechanism(s) will dominate. It is commonly
accepted that at the present time there is no transition theory;
the complexity of the physics of transition prohibits this
Stetson, 1990. To date, all transition methods are empirical and
have a large degree of uncertainty associated with their use. A
major contributor to this problem lies in the limited Reynolds
number range capability of hypersonic wind tunnels and the avail-
ability of dynamic instrumentation from which to explore the
physics of transition.

On subscale wind tunnel models, the boundary layers are
typically laminar or transitional, whereas, for a full scale
configuration a turbulent boundary layer can be expected to "wet"”
nearly the entire vehicle. In order to properly simulate
aerodynamic characteristics associated with a turbulent boundary
layer at subsonic speeds, methods of artificially producing a
turbulent boundary layer through the use of small roughness
elements has been developed (see for example Braslow, Hicks, and
Harris, 1966). Hypersonic boundary layers have been artificially
tripped turbulent by roughness elements up to local Mach numbers
of approximately 9, Sterrett, et al., 1967. However, the size of
the roughness elements required can be of the same order of
magnitude as the boundary layer thickness itself.. The use of such
relatively large trips at hypersonic speeds can create large
spanwise disturbance effects in the boundary layer and produce

undesirable effects by generating shocks, altering pressure
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distributions and erroneously incrgasing the overall pressure drag
(e.g., Sterrett, 1967, Nestler and McCauly, 1981, and Whitehead,
1969) .

Even when transition Reynolds numbers are obtained in ground
pased wind tunnels at flight Mach numbers, it is generally not
possible to duplicate velocity or high temperature effects. Thus,
it is not possible to obtain boundary layer profile similarity
between wind tunnel and flight (boundary layer stability charac-
teristics are very sensitive to the velocity profiles). The
effects of high temperatures where chemical reactions can occur on
boundary layer transition is just now starting to be addressed
computationally (Masad and Nayfeh 1991, Malik and Anderson 1991,
Bushnell and Malik 1988). Bushnell acknowledges that little is
known in the area concerning the detailed physics of the influence
of chemistry upon the transition process; whether or not chemistry
specific instability modes exist can only be speculated on as
research in this area 1is, at the present time, limited. It should
be noted that at high altitudes and velocities, when thermal non-
equilibrium conditions prevail, boundary layer transition may not
occur or may not necessarily be the driving aerothermodynamic
issue.

The author is aware of at least one case where radiation,
dissociation, ablation, and the state of the boungary layer all
had a dramatic influence on the predicted aerothermodynamic
heating loads for a planetary entry probe. In his paper, Moss
1982, looked at the aerothermal environment that the Galileo space
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probe heat shield would encounter during the 48 km/sec entry into
the Jovian hydrogen-helium atmosphere. His computations indicated
that shock layer temperatures approaching 20,000 K would be
encountered with radiative heat transfer as the dominating energy
transfer mechanism. As a consequence of the high heating, the
carbon-phenolic heat shield will experience massive ablation. A
number of flow field phenomena were investigated in this study
among them being the adverse impact that turbulence has on pre-
dicted radiative heating to the probe surface. Calculations were
made assuming instanteous transition from laminar to turbulent
flow when the local boundary layer edge Reynolds number reached

1 x 105. Under massive ablation, it was found that turbulent flow
produced substantially higher radiative heating than the
corresponding laminar results, It was determined that turbulence
brought the higher temperature gases much closer to the surface
than for the laminar case. 1In turn, the higher temperatures

promoted the dissociation of molecules (C,, C3) that served as

primary radiation absorbers. Because the mole fractions of these
molecules were reduced, the radiation reaching the space probe
surface increased. Although substantial insight into the effect
of turbulence'on radiative heating was gained, it was concluded

that turbulence modeling for chemically reacting gases under



Some problems with wind tunnel/flight transition data

Hypersonic wind tunnels have limitations such as operational
deficiencies in Mach number, Reynolds number, and velocity ranges.
They are also known for their "noisy” disturbance environment that
is produced by turbulent nozzle wall boundary layers. During the
late 1950s and 1960s, the recognition of the significance of wind
tunnel free stream disturbances provided some explanation as to
why flight transition Reynolds numbers are generally larger than
those obtained in wind tunnels (see Pate 1969, Morkovin 1959) .
This eventually led to the development of a "quiet" (low
disturbance) tunnel at Langley (Beckwith et al., 1983) to obtain
transition Reynolds numbers comparable to flight values, Typical
transition onset data for cones in the Mach 3.5 Pilot Quiet Tunnel
are shown fig. 16. The quiet tunnel data for low noise conditions
are in good agreement with the lower range of flight data up to Re
= 1 x 106 inch-1. Generally speaking, wind tunnel testing is more
conducive to Systematic control of the test environment than
flight; however, due to the limitations in operational capability
and noise environment, extrapolation to flight can be quite
difficult and misleading. 1In flight testing the desired Mach and
Reynolds numbers are obtained at flight velocities; however,
typically there is very little parametric control of the variables
influencing the phenomena of interest (e.q. angle of attack,
ablation, wall waviness) or definition of the atmospheric
environment. Unfortunately, flight instrumentation is costly,

lacks the spatial resolution needed for proper analysis and the
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measurements of fluid parameters of interest are difficult if not
impossible to obtain (e.g., flow field information, boundary layer
surveys). Neither technique is ideal.

It is the opinion of the author that future experimental work
related to hypersonic transition should be conducted in a manner
so as to not only provide parametric t rends but to identify the
instability phencomena itself. This would require fast response
2-D/3-D optical nonintrusive measurements and would necessitate
accurate and detailed knowledge of the free stream environment as
well as multi-facility testing and possibly even flight tests, if
appropriate. It is important that reliable data be obtained to
check models used in computational techniques. Real gas effects
on transition will be difficult to assess. A large ballistic
range proposed by Langley and referred to as AHAF (Advanced
Hypervelocity Rero-physics Facility) would provide flight
duplication (as opposed to simulation) of velocity and densities
(see Witcofski and Scallion, 1989) but it is acknowledged that
advances in remote measurement techniques, onboard model
instrumentation/construction techniques, and model launcher
systems must be made before any commitment for the construction of

such a facility can be made.

Flow Separation
As noted previously, the state of the boundary layer
(laminar, transitional, turbulent) can have a significant

influence on the aerodynamics and aerothermodynamics of a
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hypersonic vehicle. For example, at low Reynolds numbers where a
laminar boundary layer exists, a deflected control surface can
create an adverse pressure gradient strong enough to force the
boundary layer to separate from the wall. This can degrade
control surface effectiveness as well as creating high heating

loads where the free shear layer reattaches. In addition, the

high angle of attack (& = 40°) attitude of the shuttle orbiter

during reentry creates a highly three-dimensional and complex flow
field on the upper (leeward) surface (see Baranowski and Kipp,
1983 and Helms III, 1981). The shuttle leeward flow is
characterized by cross flow separation and the formation of one or
more palirs of counterrotating vortices which eventually reattach
along the leeward surface centerline. A vortex system also
emanates from the shuttle wing-fuselage junction and scrubs along
the fuselage side.

This complex leeward flow field was studied prior to the
shuttle first flight without the benefit of CFD to provide an
insight to the leeside flow field, it was necessary to use wind
tunnel data and extrapolate to flight with empirical correlations.
Figure 17 taken from Lee and Harthun 1982, depicts the side
fuselage vortex movement with angle of attack as traced from data
obtained on a 0.04 scale model. The position and strength of the
vortex was highly sensitive to angle of attack and Reynolds
number. After the second shuttle flight, a comparison of wind

tunnel and flight heating data along the orbiter midfuselage side
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was made at various Reynolds numbers, fig. 18. The heating to the
fuselage side was significantly underpredicted. Lee and Harthun
Speculated that the discrepancy between the data and prediction is
due to a difference in vortex behavior (strength and/or position)
between flight and the wind tunnel. Recent in-flight temperature
meéasurements made on the leeward surface of the shuttle orbiter
Columbia (Throckmorton et al., 1992) may provide useful infor-
mation for the proper interpretation of heating for this complex
flow field. It is well recognized in the hypersonic community
there is the need for benchmark data to validate turbulence models
that are applicable to separated shear layer/vortical flows.
Probably the most well known disparity between ground based
measurements and flight data is the S0 called "hypersonic nose up
pitch anomaly"” that was observed during the first flight of the

shuttle orbiter, Extensive wind tunnel tests on the orbiter were

would be within the tolerances and variations established from the
aerodynamic design data book (Woods, et al., 1983), Figure 19

shows the trimmed Cn in flight (which is zero) along with a



exists. During the shuttle return from orbit on the first flight,
the body flap had to be deflected down by approximately double the
predicted value (15° instead of 7.5°) to properly trim the
vehicle.

The level of uncertainty in predicting the trimmed pitch
characteristics was a concern to the aerodynamics community. For
the interested reader, Koppenwallner 1987, reviews the published
explanations of the shuttle pitching moment behavior. In addi-
tion, Woods, et al., 1983 provides an extensive historical
overview of wind tunnel research that contributed to the shuttle
aerodynamic design philosophy leading up to the first flight. A
variety of explanations for the "anomaly" exist ranging from low
Reynolds number viscous effects (Koppenwallner, 1987) to high
velocity real gas effects (Yasuhiro and Hirotoshi, 1990). The
intent here is not to survey the literature or resoclve the so
called "anomaly" but to highlight possible Reynolds number related
effects which could possibly contribute to the observed nose-up
pitch.

Iin his paper, Woods, concludes that the state of the boundary
layer and its effect on body flap effectiveness may be an impor-
tant contributor to the shuttle nose-up pitching behavior. The
fact that Reynolds number can influence control effectiveness is
well recognized. Penland and Romeo, 1971 reviewed the significant
factors which can affect extrapolation of wind tunnel data at
subscale Reynolds numbers to flight values (where laminar and

turbulent boundary layers exist, respectively). They concluded
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that additional work was required to determine viscous effects on
control surface effectiveness over a wide Reynolds number range,
Penland postulated that accurate knowledge of control
effectiveness parameters would be required to predict reliable
values of the trimmed performance at flight Reynolds numbers, and,
because of flow separation over controls, viscous effects could be
significant.

Woods indicates that shuttle preflight predictions projected
that boundary layer transition on the windward surface would occur
near Mach 16. Results from heating measurements on STS-1 impljed
that a laminar boundary layer existed to around Mach 10. Woods
argued that for most of the hypersonic portion of reentry the body
flap was immersed in the lower momentum environment of a laminar
boundary layer. However, prior to obtaining flight data, a
turbulent boundary layer was expected, and according to Woods,
Mach 13.5 wind tunnel tests were advocated and conducted in NSWC
Tunnel 9 for the express burpose of obtaining turbulept boundary
layer control effectiveness data at close to flight Reynolds
numbers. The presence of extensive regions of laminar flow can
present the designer of hypersonic high altitude vehicles with
several challenges. It is known that laminar boundary layers can
Separate more easily than their counterpart turbulent boundary
layers. A separation bubble located ahead of a dgflected control
surface can significantly reduce control forces by effectively
"fairing-in" the compression surface. Holden 1986, discussges
briefly the shuttle nose-up pitch anomaly and concludes that to
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reconcile the differences between flight and ground based
measurements solely on the basis of an equilibrium inviscid code
to correct for real gas effects (as suggested by Maus and Griffith
1984) might be misleading. Holden points out that the greater
than expected pitching moment could alsoc be explained directly in
terms of decreased flap effectiveness as a result of the increased
size of the interaction region (ahead of the body flap) at the
lower Reynolds numbers encountered in flight. The exact nature of
the phenomena producing the unexpected incremental increase in
pitching moment continues, to this date, to be shrouded in
controversy.

The increased stability of laminar boundary layers at high
Mach number flows coupled with the fact that laminar boundary
layers can separate easily poses a challenge not only to the
aerodynamicist, but the aerothermodynamicist as well. The high
heating rates associated with the reattachment of laminar
separated flows can severely increase thermal protection system
requirements. The role and influence of Reynolds number on the
size and structure of separated regions is not clearly understood.
This is particularly true for separated regions formed by a shock
wave impingement on a turbulent boundary layer. The literature
review conducted by Holden 1986, indicates that major experimental
discrepancies exist in this area.

It is recognized by the aerodynamic community (subsonic -
hypersonic) that more experimental work is needed to address the

influence of Reynolds number on separated laminar/turbulent flows
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as well as separated shear layers. In the supersonic/hypersonic
regime emphasis should be placed on compression corner inter-
actions as well as shock/boundary layer interactions. There
remains a need for high Reynolds number studies with detailed

steady and unsteady measurements.

V. CONCLUSIONS

Through the comparison of flight and ground based data, this
paper has attempted to identify some hypersonic fluid dynamic
phenomena which are, or may be, influenced by Reynolds number. It
is not intended to be all inclusive, but rather it is hoped to
stimulate questions concerning the availability of facilities to
investigate, and the instrumentation to measure the fluid
phenomena in question. Although not explicitly discussed, the
impact of CFD as a tool to aid in the understanding and modeling
of the fluid physics should not be overlooked.

Because of the high temperatures associated with hypersonic
shock layer and boundary layers that occur in flight, the accurate
determination of the heating environment becomes a primary concern
for the vehicle designer. Emphasis in the paper has been placed
on the influence the state of the boundary layer (laminar
transition/turbulent, attached/separated) has on the aerothermo-
dynamics as well as vehicle stability and control. Interest in
blunt body reentry configurations has raised fundamental questions
regarding the influence of viscous effects found at high altitude,

low density (low Reynolds number) conditions on vehicle
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aerodynamics, aerothermodynamics, and in particular radiative
heating. The present uncertainty levels that exist regarding
Reynolds number effects associated with hypersonic viscous
interactions at high altitudes and boundary layer transition has
dictated conservative design practices for thermal protection
systems. The optimum design of future hypersonic vehicles such as
the National Aero-Space Plane (NASP) and Aeroassisted Space
Transfer Vehicles (ASTV's) will be achieved by reducing these
conservative design margins.,

The aerodynamic/aerothermodynamic fluid phenomena associated
with high altitude rarefied flows is challenging to explore both
experimentally and computationally. The limited experimental
capability (for vehicle aerodynamic/aerothermodynamic assessment)
that exists today lies outside the Agency and is restricted to low
enthalpy facilities where very smal] models are used. Extreme
_demands are placed on measurement techniques employed in such
facilities. Magnetic suspension Systems and/or highly sensitive
balances are required in these low dynamic pressure environments,
The rarefied environment also pPoses many challenges in terms of
the measurement of pressure. Computationally, Direct Simulation
Monte Carlo (DSMC) methods model the real gas flow by tracking
thousands of simulated molecules in a Computer; however, this
technique is restricted to low Reynolds number flows. Higher
density flows, where the Reynolds number is higher, require far

too much memory for this method to be practical.
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The influence of Reynolds number on hypersonic transition and
separation continues to be an issue for the aero/aerothermodynamic
research community and has impacted manned and unmanned flight
vehicle operations in a variety of unexpected ways. As with
rarefied flow facilities, no ground based facility can simulate or
duplicate all conditions experienced in flight. The limited
Reynolds number range capability for hypersonic wind tunnels
within the Agency continues to be a challenge for cont inued
research. Even if full scale Reynolds number simulation were
possible, the "noisy"” environment produced in hypersonic wind
tunnels is said to wtaint" experimental data. The quiet tunnel
capability at Langley is a step in the right direction but it does
not provide high enthalpy flows. Flight testing does provide one
with unique opportunities but it is generally regarded as too
expensive and measurements are challenging to make.

With the success of such programs as Mercury, Gemini, Apollo,
Shuttle, and X-15, it is clear that manned hypersonic flight is
possible. Although Reynolds number effects can produce some
undesired effects concerning stability and control and heating,
these unknowns are accounted for through conservative design
practices. It is hoped that continued research into low and high
Reynolds number regimes can reduce the uncertainty bandwidth
associated with future hypersonic vehicle design.

In summary, recommendations for future research in the area

of hypersonic Reynolds number are as follows:
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The limited Reynolds number range of current ground based
hypersonic facilities within the Agency impedes our research
efforts to explore and understand the physics of hypersonic

viscous effects. Advocacy of facility development/refinement

in three areas is suggested:

a) A high Reynolds number hypersonic/hypervelocity (high
enthalpy) device to investigate real gas and in

particular radiation effects on viscous phenomena.

b) A high enthalpy/low density (rarefied) flow facility to
study aerodynamic/aerothermodynamic viscous effects for

the high altitude/low Reynolds number flight regime.

c) Quiet tunnel technology particularly at hypersonic/
hypervelocity conditions where the role of chemistry on

the transition process is largely unknown.

The role of viscous effects and ablation on radiation enhanced
heating for hypersonic blunt body re-entry is largely unknown.
A flight experiment has been advocated in the past, Jones 1987,
to obtain data needed to verify computational models for the
anticipated velocity and Reynolds number ranges expected in

flight.
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3.

VI.

Future experimental work related to hypersonic transition
modeling should be conducted in a manner so as to provide not
only parametric trends but to also identify the instability
itself. This entails knowledge of the free stream test

environment and multi-facility testing.

The role and effect of Reynolds number on hypersonic control
surface effectiveness remain shrouded in controversy. Data to
validate turbulence modeling for separated shear layer/vortical

flows are needed.
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High-temperature

shock layer region

Schematic of high temperature regions
in a hypersonic blunt body flow field
(from Anderson, 1989).
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Notes on the Problem of Wind-Tunnel Model Scale Effects
as they Relate to Systems Studies

James W. Fenbert, AVD/VIB
Christopher S. Domack, Lockheed

The primary objectives of aircraft system studies are to identify new high-
payoff or high-leverage technologies and to quantify their effects by determining
the sensitivities of the vehicle to those technologies. The necessity to accurately
and efficiently characterize the inclusion of a new technology in the vehicle
design and analysis is intrinsic to this process, and may profoundly influence the
results of the system study. Thus, problems in obtaining, interpreting, or applying
the data acquired in developing a new technology are often problems for the
system studies examining that technology. For example, data on new aerodynamic
technologies are often obtained by researchers using scaled wind-tunnel models
and must be corrected for scale eftects, the most important of which is Reynolds
number. Some of the most significant wind-tunnel testing and Reynolds number
scaling problems facing the High Speed Civil Transport (HSCT) are outlined below.

The fundamental problem associated with Reynolds number effects as they
relate to system studies is the extrapolation of experimental data to full-scale
conditions. Reynolds number effects on wind-tunne! test results requiring
correction or extrapolation to full-scale introduce their own .e|ement of

unceriainty into the system study results. When cycled through the aircraft
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aerodynamic characteristics of these configurations has proven to be very
difficult. One reason for this is that the structure and behavior of the flow over
such wings can be very dependent upon Reynolds number. Experimental data are
difficult to obtain at the high chord Reynolds numbers corresponding to any of the
HSCT flight conditions from low-speed to cruise. Obtaining full-scale
aerodynamic data is prohibitively expensive and practically never an option for
system studies.

Lower-order computational methods do not comprehensively model the flow
physics and may not accurately predict aerodynamic forces and moments
throughout the entire flight envelope, although good agreement with test data has
been obtained for limited flight regimes. These lowser-order methods include
linear aerodynamic theory (LT) and modified linear theory (MLT), which
incorporates empirically-derived corrections to LT to improve correlation with
test data. Higher-order computational fluid dynamics (CFD) analysis methods,
although offering improved flow modeling fidelity, are quite expensive and time-
consuming to run. The increased fidelity of the flow field analysis does not
necessarily imply increased accuracy of force and moment results; the accurate
prediction of drag is still lacking in many CFD codes. CFD modeling of complex
multi-component configurations is often problematical, particularly for wings

equipped with conventional high-lift devices such as leading-edge slats and
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slotted trailing-edge flaps. These devices are typically very sensitive to Reynolds
number effects in scale model testing, so the ability to analytically predict their
full-scale performance would be a boon to the configuration aerodynamicist.
Unfortunately, most CFD codes still lack the experimental verification that is a
prerequisite for their widespread acceptance. Code-to-code verification is often
conducted, but this exercise is of little meaning without physical data to
calibrate the results. Also, most CFD methods lack the ability to be used in an
inverse or "design" mode, currently the biggest advantage of the lower-order
methods.

The low-speed aerodynamics of an HSCT configuration need to be well-
defined as early as possible in the design process, because many of the design
parameters which ultimately determine the shape and size of the vehicle depend
on ils low-speed performance. At low speeds and high lift (e.g., takeoff and
landing conditions) the flow field around highly-swept, low aspect ratio wings
tends to be highly three-dimensional, with large regions of detached, vortex-
dominated flow. Wind-tunnel testing to provide high Reynolds number data at low
speed is very expensive and difficult at best and often impossible. This is because
of the large size of both the model and the wind-tunnel required for the test. Few
wind tunnels exist which can reproduce the flight conditions of the HSCT in the

takeoff or landing modes. These flow conditions do not lend themselves to reliable
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analysis by linear methods, leaving the designer to rely instead on (scarce,
expensive) wind-tunnel data of similar configurations at much lower Reynolds
numbers, or empirically-derived handbook methods. Neither method is really
satisfactory for detecting design sensitivities due to subtle configuration
changes. The advent of truly fast, easy-to-use, experimentally verified CFD codes
will probably be of most value in this application for system studies, but this
situation still appears to be many years distant.

Reynolds number also has an effect on the cruise performance of the HSCT
configuration. This effect is not limited to a simple zero-lift drag correction, but
also affects the drag-due-to-lift of the configuration. Extrapolation of skin
friction drag to fuli-scale conditions and accounting for the drag associated with
transition strips is fundamental to scale model wind-tunnel testing. Reynolds
number not only affects the laminar and turbulent skin friction drag levels but
also the location and nature of the boundary-layer transition from laminar to
turbulent. The drag-due-to-lift scaling problem with wind-tunnel test data is in
the estimation of attainable leading-edge thrust, which is dependent on Reynolds
number. Two different approaches may be taken to this problem, neither of which
is fully satisfactory. The model wing design can be performed for the full-scale
Reynolds number, producing a wing camber and twist which will not obtain the

efficiency predicted when tested at lower Reynolds number. This approach
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requires a correction for attainable leading-edge thrust in addition to the normal
zero-lift drag corrections. The other option is to design the model wing camber
and twist distribution for wind-tunnel Reynolds number, eliminating the need for
the leading-edge thrust correction. However, this approach merely validates the
computer code, not the full-scale wing design. Also, this approach sacrifices an
important element of scale fidelity and does not necessarily indicate the full-
scale vehicle performance.

Some differences in wind-tunnel model geometry and full-scale airplane
geometry are almost always required, particularly for small scale models.
Significant deviations from scale may be necessary in order to fabricate,
instrument, or suspend the model in the wind tunnel. There may also be
aerodynamic reasons for deviations from scale; for example, nacelle boundary
layer diverter height on a model is proportionally greater than on the full-scale
airplane in order to keep the wing/body boundary layer(s) out of the nacelle. This
is a particularly severe limitation in HSCT model supersonic testing since
efficient propulsion/airframe integration increases the lift on the vehicle and can
essentially offset the wave drag of the nacelles. This "efficient integration” is
highly dependent on precise positioning and shaping of the engine nacelles on the
configuration. The increased distance between the wing and the nacelles

necessary because of the proportionally thicker mode! boundary layer thus
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introduces another error in the data. It is thus virtually impossible to correctly

model all important physical characteristics at once. The full-scale predictions

must be "built up" from several tests using a variety of models, corrections and

approximations, each of which increase the uncertainty associated with the final
results.

Other areas of uncertainty in wind-tunnel model testing have been
documented in many previous works, and comprehensive treatments of some these
areas may be found in the literature. These subjects include, but are not limited
to: wind-tunnel wall corrections, buoyancy effects, sting deflection and
interference, test section flow angularity and nonuniformity, full-scale
propulsion system effects including jet plumes and propeller slipstreams, and
estimation of full-scale airplane "miscellaneous” drag increments such as
pressurization leakage, environmental control air intake and exhaust, and the drag

of real-aircraft protuberances.
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