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WIND-TUNNEL INVESTICATION OF THE AIR LOAD ZISTRIBUTION
ON TWO COMBINATICNS OF LIFTING SURFACE AND FUSELACE

By Carl A. Sandahl and Samuel D. Vollo
SUMMARY

Wind-tunnel measurements have been made of the air lecad
distribution cn a canard-type model. Two combinations of
lifting surface and fuselage, representing appreciable variation
of lifting-surface span relative to fuselege diameter, were
obtained by removing separately the wing end stebilizer of the
model. The tests also included measurements of lift, drag,
and pitching moment for several configurationa. The results
ghow that, for the configurations tested, the spanwise loadings
on the combinations agreed fairly well with the loadings calcu-
lated by Lennertz's method.

INTRODUCTION

A theoretical approach to the problem of lifting-surfece-
fuselage interference is given in reference 1 in which the span-
wise loading is obtained for a lifting line intersecting the
center line of an infinitely long circular cylinder. This
analysis predicts a decrease in the spanwise loading over the
fuselage and a reduction in total 1ift as compared with the
spanwise loading end 1lift of the wing alone at the same angle of
attack. Measurements of the 1lift of a large number of wing-
fuselage combinations (referemnce 2) indicate, however, that
the 1lif't of the wing-fuselage combination is more nearly egual
to the lift of the wing alone. Over-all lift measurements of
wings and wing-fuselage combinations, however, do not definse
the spanwlse load curve. The purpose of the present investigation
is to present data relating to the measured snd calculated span-
wise loadings on two combinations of lifting surface and fuselage
having appreciable variation of span relative to fuselage dlameter.
The tests included measurements of pressure distribution, 1lift,
drag, and pitching moment for several model configurations over
a range of engles of attack at several yaw angles.
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SYMBOLS
BN
pressure coefficient L
/o)

section load derivative for horizontal surfaces

normel-force coefficient (N/q,5)

1ift coefficient (L/q,S)

total drag coefficient (D/qyS)
profile-drag coefficient (Do/qOS)

drag coefficient based on stehilizer area
1ift coefficient based on stabilizer area
pitching-mement coefficient (M/qoSE)
local static pressure

free-stream static pressure

free-stream dynamic pressure

normal force

Lifty

total drag

profile drag

wing area (19.86 sg f't)

stabilizer area (4.06 sg It}

wing mean serodynamic chord (1.87 ft)
local wing chord

wing span (11.00 ft)

stabilizer span (4.62 ft)

(D/a,Sg)

(L/qoSS)
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A aspect ratio

1 fuselage length (15.98 ft)

(o7 angle of attack, degrees

¥ angle of yaw, positive when nose is displaced to

right, degrees

¢ angular position of generatrix of fuselage body of
revolution, measured from the vertical plane of
symmetry, degrees

d fuselage diameter at quarter chord of wing

dg fuselage diameter at quarter chord of stabilizer

X longitudinal coordinate parallel to fuselage center
line

y lateral coordinate pérpendicular to plane of symmetry

z vertical coordinate perpendicular to x,y plane

APPARATUS AND TESTS

The test model used was constructed of plywood and was
finished to a fair aercdynamic surface. The general arrange-
ment of the model 1s shown in figure 1. The wing, stabilizer,
and vertical tail were removable from the fuselage, which was
a body of revclution. All control surfaces were set at neutral
and the gaps were sealed for this investigation.

The model was mounted in the Langley propeller-research
tunnel on the six-component-balance system as shown in figure 2.
The model was attached at the center of gravity to a single
support strut by means of a universal fitting which permitted
the setting of pitch and yaw angles. Motion in pitch was
restrained by a "nose" wire, the lower end of which was attached
to a balance to allow the measurement of pitching moments. The
tunnel balance system was used to measure lif't and drag.

The pressure distribution on the fuselage was obtained by
orifices flush with the surface and arranged as shown in figure 1.
Chordwise pressure distributions on the right wing panel and the




I NACA TN No, 1295

left stabilizer panel were measured by means of pressure belts.
On the basis of the resul®s reported in references 3 and 4, the
belt method of pressure-distribution measuremént is considered
to be of sufficient accuracy for the present investigation.

The investigation consisted of measurements of 1lift, drag,
pitching moment, and pressure distributions over a range of
angles of attack from -2° to 16° and at angles of yaw of t10°,
150, and 0°. The unsymmetric distribution of fuselage orifices
necesgitated tests at equal positive and negative angles of yaw
in order to obtain complete fuselage pressure distributions.

At zero yaw, the pressures at points at equal angular displace-
ment from the vertical plane of symmetry are considered to be
equal. The following configurations were tested and are desig-
nated herein as follows:

Configursation Designation
Fuselage with wing, stabilizer, and vertical tail FWST
Fuselage with wing and vertical tail FWT
Fuselage-with‘wing W
Fuselage with stabilizer and vertical tail FST
Fuselage alone F

The test velocity was varied from 80 to 100 miles per’hcgr
corresponding to a Reynolds number range from 1.4 to 1.7 x 10
based on the wing mean aerodynamic chord of 1.87 feet.

" RESULTS

The results are presented in Tigures 3 to 10. Corrections

for Jet-boundary effects have been epplied to the angle of attack

and the drag coefficient. The tare drag was SSllmJted and has
been applied to the measured drag."

The fuselage pressure distribution for different angles. of
attack and yaw for configurations F and FWST are shown in
figures 3 to 5. The pressure distributions for the various
positions of the generatrix of the fuselage were obtained by

=S8 e
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cross-plotting the pressure distributions measured at the various

longitudinal stations of the fuselage. The pressure distributions
in the plane of symmetry for configurations F, FST, and FW are
given in figure 6.

The spanwise loading curves for the wing and stabilizer
are given in figures T and 8. Outboard of the fuselage the
d(N/ae) : :
section load derivative ——ng—n was obtained by integrating
chordwise pressure distributions measufed at three stations along
the semispans of the wing and stabilizer. The fuselage section
loadings induced by the wing were obtained by superimposing ;
fuselage pressure-distribution curves for configurations F
and FW drawn for the vertical plane of symmetry and for a
parallel plane displeced 5 inches. The total difference in the
areas of the pressure diagrams for the two configurations was
g 32 d(N/q,)
then used in computing the section load derivative —

w1 AT

dy
identical procedure utilizing configurations F and FST was
used in computing the load induced on the fucelage by the
stabilizer.

The variation of 1lift, drag, and pitching-moment coefficients
with angle of attack for several configurations is shown in
figure 9. Measurements for configuration ST at ¥ = 0° are
not availasble; the curves for this configuration were obtained
by extrapolating tests at V¥ = t5° and +*10°. The coefficients
are based on wing dimensions regardless of configuration.

DISCUSSION

Fuselage pressure distribution.=- Although isolation of the
effects of the individual components is not possible, the general
manner in which the lifting surfaces affect the distribution of
pressure on the fuselage is shown in figures 3 to 5. In general,
the main effects of the wing or stabilizer are limited to the
immediate vicinity of the fuselage Jjunctures of the wing and
stabilizer. The distance along the fuselage over which the
fuselage pressure distribution is materially affected by either
the wing or stabilizer is shown more clearly in figure 6 to be
approximately a distance of one chord sghead of the leading edge
and one chord behind the trailing edge of each of the components.
Defining these limits is difficult, inasmuch as the pressure-

distribution curves for the different configurations are asymptotic.
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Spenwise loadings .- The measured and calculated spanwise
load distributions are shown in figures 7 and 8. The spanwise
load distributions predicted by the theory (reference 1) are in
agreement with the measured spanwise load distributions. The
agreement was particularly good for the configuration FST,
for which the conditions essumed in deriving the theory were
more nearly fulfilled. In deriving the theory, the fuselage
is assumed to be infinite in length and at zero angle of attack,
the wing axis and fuselage axis are assumed to intersect, and
the loading is considered to be such that the induced drag is
a minimum. In addition, the wing chord should be comparatively
small with respect to the span end the fuselage diamster should
not be small in comparison with the wing chord. It has been
suggested from theoretical considerations thet the loss in load
over the lifting-surface in the vicinity of the fuselage would
be regained on the fuselage, where it is tapered to finite length;
however, no such increase in load cver the rear of the fuselage
was measured in these tests, probably because of fusclage boundary-
layer effects. Evidence of appreciable fuselage boundary layer
is Indicated by the pressure-distribution curves of configuration F
(fig. 6(a)), which show that almecst no negative lift is developed
over the rear of the fuselage. This lack of negative lift over
the rear of the fuselage probably accounts, in part, for the lack
of agreement between the calculated and measured pitching-moment
coefficients of figure 9. The calculated pitching-moment coef=
ficients in this figure for configuration F were made by the
nethod of reference 5.

Induced drag.- The induced-drag coefficients associated with
the measured spanwise loadings on the wing and stebilizer were
computed by the method of reference 6 and are shown in figure 10.
Substantlally the same induced-drag coefricients were obtained
from a 6-point and a l0-point Fourier series determination; thus,
& sufficient number of points were indicated to have been utilized
in the analysis.

A comparison (fig. 10(a)) of the induced-drag coefficient
computed from the measured spanwise loadings on the wing-fuselage
combination and the minimum induced- drag coefficient for the
combination computed from the method of reference 1 indicates
a reduction in effective aspect ratio of 19 percent as a result
of distortion of the measured spanwise load distribution from
the ideal load distribution for the combination. Good agreement
exists between the induced-drag coefficient cbtained from the
force tests and from the measured spanwise loadings.

A similar comparison (fig. 10(b)) for the stebilizer-
fuselage combination indicates exact agreement between the
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induced-drag coefficient computed from the measured spanwise
loadings and computed from reference 1. The exact agreement
for this configuration results from the good agreement between
the measured and calculated spanwise load distributions.

CONCLUSIONS

_ Results of an experimental investigation to determine the
spanvise loading for several combinations of fuselage and
lifting surface showed reasonsble agreement between the measured .
loadings and the calculated loadings obtained by Lennertz's method.

Langley Memorlal Aeronautlcal Laboratory
National Advisory Committee for Aeronaunlcs
Langley Field, Va., February 19, 1947
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