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OF NACA 230-SERIES AIRFOIL SECTIONS

By G. Chester Furlong end James E. Filzpatrick
SUMMARY

The effects of Mach number and Reynolds number on the maximum
1ift coefficient of & wing of NACS 230-series airfoil sections are
presented. The ranges of Mach number for the wind-tunnel tests were
from 0.10 to 0.35 and from 0.08 to 0.27; the corresponding Reynolds
number rangec were from 1,930,000 to" 4,520,000 and from 2,450,000
to 7,880,000, respectively.

The wing wes tested with full-spen and partial-span split flaps
deflected 60d and without flaps. Leading-edge-roughness tests were
made with the flaps-retracted coni'iguration. Some chordwise pressure -
distribution measurements were made for all flap configurations of
the model. :

The results of the teste indicated that peak values of maximum
1ift coefficient were obtained at relatively low free-stream Mach
numbers (approx. 0.20 for the flaps-deflected configurations end 0:25
to 0.30 for the flaps-retracted configuraticn) and occurred when the
critical pressure coefficient was reached on the upper surface of
the wing. The values of maximum 1lift coefficlent were increased
by increasing Reynolds number or deflecting the flaps, but in both
cases the critical pressure coefficient was reached at lower free-
stream Mach numbers. After the critical Mach number had been
reached, the value of maximum 1ift coefficient was appreciably
reduced and there was an indication that beyond the critical
Mach number the effect of Reynclds number on the maximum 1ift becomes
markedly reduced. The value of maximum 11ft coefficient before the
critical Mach number was reached was almost entirely dependent on
Reynolds number, but even in the low Mach number range, Mach number
effects should not be neglected. Any method, therefore, that is
utilized to predict flight values of maximum 1ift coefficient from
wind-tunnel data by accounting for a difference in Reynolds number
and neglecting any chenge in Mach number may give erroneous results.
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INTRODUCTION

Eotimates of flight values of maximum 1ift coefficient from wind ~
tunnel tests are usually made by accounting for the incremental
change in lift cosfficient that results from differences in Reynolds
number. The effects of & variation of Reynolds number on the maximum
1ift coefficient and the stall phenomenon are described in references il
and 2. References 3 and 4 indicate that compressibility effects on
the maximum 1lift coefficient may occur at relatively low free-stream
Mach numbers (0.20) A knowledge of the interrelated effects of
Mach number and Reynolds number on maximum 1ift coefficient is
important in the interpretation of wind-tunnel test data, in flight
problems concerning airplane maneuvering performance, and in
propeller performance at high thrust condltions. Because of the
importance of Mach number as shown in references 3 and L, any
estimated flight values of meximum lift coefficient maey be
questionable if only the difference in Reynolds number is taken
into account. As data concerning these phenomena are incomplete,
the present tests have been made to explein further the effects of
Mach number end Reynolds number on the maximum 1lift coefficlent of
& wing.

The present paper contains the results of tests made with a
wing of NACA 230-series airfoll sections in the Langley 19-foot
pressure tunnel. The tests were conducted at tunnel pressures
of 14.7 and 33 pounde per square inch absolute. These tunnel
pressures gave Mach number ranges of 0.10 to 35 and 0.08 to 0.27.
The corresponding Reynolds number ranges were from 1,530,000
to 4,530,000 and from 2,450,000 to 7,880,000, respectively. The
tests included force tests end chordwise pressure-distribution
measurements at six spanwise stations.

The tests were made with the wing model equipped with full-span
and partial-span split flaps deflected 60° and without flaps. In
addition, force tests were made with leading-edge roughness for the
flaps -retracted configuration.

There are included herein data from tests of this wing in the

Langley 16-foot high-speed tunnel, part of which date has been
published in reference 5.

SYMBOLS

A aspect ratio (bQ/S)

cross-sectional area of test section, square feet
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P
cr

1ift coefficient (L/qOS)

meximum lift coefficient

diameter of tumnel test section. feet
1ift, pounds

free-stream Mach mumber (V_/a)

critical Mach number; free-stream Mach number when
locel Mach number is 1.00

"
e P " Py
pressure coefflclent K~«—u«f
a
10

critical pressure coefficient; pressure coefficient
at a local Mach number of 1.00

pV, e
free-stream Reynolds number e
wing area, square feet
fres-stream velocity, feet per second

speed of sound, feet per second

/
ac
slepe of lift curve in cempressgible flow (Efli;>
QO
X

slope of 1ift curve in incompressible flow

4. s Q
ac, " ontA ;
— &) or a,|——-=-) (see reference 6)
do Tom 8
1 A

two-dimensional lift-curve slope (ﬂcz/dﬁkg

wing span, feet
fb/e

mean aerodynamic chord (M.A.C.), feet S § 02 dy
o

local chord, feet
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Cy chord of tip section

Cy gection lift coefficient

P local static pressure, pounds per square foot

Po free-stream static pressure, pounds per square foot

pl9, pressure ig Langley 19-foot pressure tunnel, pounds per
gquare inch absolute

do free-stream dynamic pressure, pounds per square foot

X distance aloﬁg lqcal chord from leading edge, feet

¥y lateral distance perpendicular to root chord, feet

a angle of attack (wing root chord), degrees

%q sectbion angle of attack, degrees

R angle of attack at maximum lift coefficient,
degrees \

B cor.npressibility factor (-\/’l = Mf}

Sf flap deflection, degrees

Sw ; Jet-boundary cofrection factor (reference )

o) rass density of air, sluge per cubic foot

i ‘ coefficient of viscosity of air, pound-seconds

‘per square foot

MODEL, APPARATUS, AND TESTS

; Model and Apparatus
A three-view drawing of the wing is presented as figure 1. All
pertinent geometric characteristics have been incorporated in this
figure. The root section of the wing is an NACA 23016 airfoil
section and the construction tip is an NACA 23009 airfoil section.
The wing has a span of 12 feet, an aspect ratio of 6, a taper ratio

2 O
of 2, an agrodynamic washout of 4° (4" geocmetric washout), a dihedral
angle of 0 , and sweepback of 3.20 (one -quarter chord line).
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Inasmuch as the wing was of rigid steel construction, no
appreciable amounts of deflection or twist were encountered during
the tests.

The split flaps tested had a chord 20 nercent of the local
wing chord. The spans of the full-span and partial-span flaps
were 99 percent and 55 percent of the wing span, respectively.
Both flaps were deflected 60° with the lower surface of the wing,
and the flaps were held in place by blocks. Figure 1 shows the
layout of the flaps

The leading-edge roughness was obtained by spraying fine-
grained carborundum (No. 60) on freshly applied shellac. The
roughness extended across the complete span over a surface length
of 8 percent chord measured along the wing surface from the leading
edge on both the upper and lower surfeces.

The model was mounted on the normal wing-support system of
the Langley 19-foot pressure tumnel. (See fig. 2.) The tips of
these supports, or that part extending up from the support fairings,
were designed to duplicate those used in the tests of reference 5.
The aerodynamic forces and moments were measured by a simultaneous-
recording six-component balance system.

The wing contained 33 surface-pressure orifices at each of
the six spanwise stations. Figure 1 shows the spanwise location
of the stations and a typical chordwise distribution of pressure
orifices. The pressure leads were conducted internally to & pipe
protruding from the root-chord trailing edge (fig. 1). From the
trailing edge, the pressure leads were taken to multiple-tube
manometers through a specially designed tube-transfer system.
This system, which is shown in figure 3, allowed continuous testing
through the angle-of -attack range without necessitating manual
adJustments. The tube-transfer system, however, did not allow
force tests to be made simultaneously with pressure measurements
and, consequently, force tests were made with the system removed.
During the force tesis a short fairing cap covered the pipe
extending from the roct-chord trailing edge.

Tests

Tests were conducted at two tunnel pressures of 14.7
and 33 pounde per square inch absclute. The ranges of Mach number
and Reynolds number thus obtained are

L A
Tunnel pressure Mach number range i Reynolds number range
(1b/sq in.) ! A O e
L R | 0.10%00.35  |1,530,000 to 4,530,000
j '
33 { 0.08 to 0.27 | 2,450,000 to 7,880,000
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For convenience, tests made at tunnel pressures of 14.7 and 33 pounds
per squere inch absolute are designeted pl9, = 14.7 and p 19° =i 3

respectively.

Tare tests were made for all model flap configurations at both
tunnel pressures. In addition, scele effect on teres was investigated .
for the flaps-retracted configuration. The results indiceted no change
in tare through the Mach number and Reynolds number ranges obtainable
in the Langley 10-foot pressure tunnel.

Force tests were made through the tunnel-speed range at both
tunnel preesures for all flap configuraticns. TLeading-edge-roughness
teets wers also made at both tunnsl pressures for the flape-
retracted configuration. The force tests at a tunnel pressure
of 33 pounds per square inch absolute were made at speeds which
would produce either the same Mech numbers or Reynolds numbers es
those of similar tests reported in reference 5.

A comparison of the meximum-lift-coefficient date obtained
in the two wind tunnels for the same test conditions was made.
A Lengley 16-foot high-speed tumnel condition (Mach number
of 0.15 and Reynolds mumber of 2,450,000) was reproduced in the
Tangley l9-foot pressure tunnel at & tunnel pressure of 16.5 pounds
per square inch absclute.

Chordwise -pressure ~distribution measurements were made at
pl9' = 33 for values of Mach number and Reynclds number obteined
in force tests.

Visual cbservations of the stell pattern were made by tuft
surveys at several tunnel airspeeds.

o
The wing was tested through an angle-of-attack range from 3.7
through the stell. A constent value of Mach number or Reynolds
number was maintained during a run by proper adjustment of the
dynamic pressure to account for changes in temperature and pressure.
CORRECTIONS TO DATA
Force Tests

The 1ift coefficients have been corrected for support-strut
interference as determined by tare tegtls.
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The angles of attack have been corrected for air-stream
migalinement and jet-boundery effecte. The alr-stream misalinement

\ ; was determined during the tare tests, and the jet-boundary

‘ correction was determined by the following equation derived from
veference 8:

-\
056 | . S
a SRS N = BT,
o

This equation contains the angle-of-attack correction at the
1lifting line for the case of a wing with an elliptical spanwise

load distribution and also an additional correction for the induced
streamline curvature. The term B has been introduced to account for
compressibility effects (reference 6). For the tests in the

Langley 19-foot pressure tunnel, a mean value of £ was found to
guffice and the correction to angle of attack becoues 0.67800T.

4

Pressure Distridbution

No corrections have heen applied to the local valuves of static
pressure. The local effects of the struts and walls on these
prescures are assumed to be negligible. In the computetion of the
pressure coefficients, however, average dynamic presgure and free-
stream static prescsure across the span have been used.

RESULTS

The variation of Mach number with Reynolds nurmber obtained
from tests reported in reference 5 of the same wing as tested herein
and obtained at both tunnel pressures in the Langley 19-foot
pressure tvnnel is shown in figure 4.  All values of Reynolds
number have been basced on the meen aerodynasmic chord of the wing.
The meximum deviations of Mach number end Reynolds number from the
curves for these tests in the Langley 19-foot pressure tunnel
are within values of M, = 20.01 and R, = 120,000.

The lift-coefficient data obtained from force tests in the
Langley 19-foot pressure tunnel are presented in fipgure 5. This
figure includes date for four configurations, that is, for flaps
retracted, for partial-span flaps, for full-span flaps, eand for
flaps retracted with leading-edge roughness et both the Langley
19-foot pressuvre tunnel conditicns.

‘ : A check run to determine the values of maximum 1ift coefficient
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that would be obtained in the two tunnels under the same test
conditions gave a value of maximum 1ift coefficient of 1.35,

as compared with a velue of 1.36 (reference 5) obtained in the
Langley 16-foot high-speed tunnel. This agreement was considered
satisfactory and Jjustified any conclusions interpreted from the
resulte of both tunneles.

The slopes of the 1lif't curves for the flaps-retracted
configuration with and without leading-edge roughness and the
slopes corrected to incompressible-flow conditions by the method
of reference 6 are plotted against Reynolds number in figure 6.
The figure shows the applicability of the correction factor of
reference 6 in converting slopes of these Llift curves from
compressible-flow conditicns to incompressible-flow conditicns.
After the correction factor had been applied to the slopes, the
results from the Langley 16-foot high-speed tunnel (reference 5)
and the Lengley 19-foot pressure tunnel were in excellent agreement.

The mwaximum 1ift coefficients and corresponding angles of
attack have been plotted against Mach number and Reynolds nuwuber
in figure 7, which also Includes data obtained from reference 5.
The variations of maximum 1ift coefficient with Mach number and.
Reynolds number for all model configurations and tunnel conditions
recemble those shown in reference 4 for a wing of NACA 0012 airfoil
section. Figure 7 shows that for each tunnel condition the
maximum 1ift coefficient increases with an increase in airspeed -
R and M increasing (see fig. 4) - to a meximum or peak value,
after vhich the maximum 1ift coefficient decreases with a further
increase in airspeed. The pezak values of maximum 1ift coefficient
occur at Mach numbere of epproximately 0.20 for the flaps-deflected
configurations and between 0.25 eand 0.30 for the flaps-retracted
configuration. There were no peak maximum 1ift coefficients for
the flaps-retracted leading-edge-roughness configuration in the
Mach number ranges obtainable in the Langley 19-fcot pressure tunnel.
A comparison of the flaps-deflected configurations (figs. 7 ()
and 7(c)) with the flaps-retracted configuration (fig. 7(2)) at
similer tunnel conditions shows that flep deflection causes the
peak maximum 1lift coefficients to occur at lower Msch numbers. For
each model configuration a similar comparison between the two
tunnel conditions P19 = 33 and Pig! = 1k.7 shows that the peak
maximum 1ift coefficients occur at lower Mach numbers for pl w s

9"
than for p]9’ = lh-?.

Some of the chordwise pressure-distribution data obtained
during the tests are pressnted for three of the six spanwise
stations in figures 8 to 12. Pressure-distribution data were
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obtained in the Langley 19-foot pressure tunnel for only the tumnel
cendition pl9' = 33 as some atmospheric-pressure data were

available from tests in the Langley 16-foot high-speed tunnel.
The data are presented at the maximum angles of attack for several
velues of Mach number and Reynolds number with flaps retracted and
deflected. A comparison was made of data from the Langley 16-foot
high-speed tunnel with data from the Langley 19-foot pressure
tunnel (Pl9' = 33) at comparable values of either Mach number or

Reynolds number. As a result of the large pressure peaks encountered
with flaps deflected, the pressure-coefficient scale has been reduced
from that used for the flaps-retracted configuration.

From the pressure-distribution data that were available from
tests of the wing in both tunnels, figure 13 has béen prepared.
The peak pressure ccefficients obtained for each section at the
maximum 1lift coefficient of the wing were first plotted egainst
the semispen to obtein the faired maximum value of peek pressure
coefficient on the wing; the maximum peak pressure coefficients of
the wing were then plotted against Mach number to obtain figure 13.
The figure is not so complete as would be desirable because of the
limited Mach number range of the Langley 19-foot pressure tunnel.

The results of the visual stall studies are surmarized in
figure 14 in which the stall progressions for the flaps-retracted
and flaps-deflected configurations are presented.

DISCUSSION

The significance of a variation of Reynolds number slone on
the maximum lift coefficient of an airfoil has been fully described
in reference 1 in which data are presented of tests ccnducted at
low free-stream Mach numbers (Mo ~0.08). To reiterate, the

effect of increasing Reynolds number is to cause en earlier
transition from laminar to turbulent boundary layer. The increased
turbulent boundery layer is then capable of resisting separation,
and a higher angle of attack is reached before stalling occurs;
thus, an increase in maximum 1ift coefficient is obtained. As
pointed out in reference 2, the Reynolds number firet affects the
1lift of an airfoil at moderately high angles of attack. When the
Reynolds number has reached a value at which the entire boundary
layer has become turbulent, there is evidence that a further
increase in Reynolds number will not produce any increase in the
maximum 1lift coefficient.
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In the region of the critical Mach number Mcr a pronounced

change exists in the flow, but whether an actual separation of flow
occurs seems to depend on both the type of airfoil involved and the
angle of attack at which the critical Mach number is reached.

When, as in the tests of the wing, a variation in Mach number
is accompanied by a variation in Reynolds number, the explanaticn
for the variation of Cy is not readily apparent. The most

max
significant point of the variation of Cp with Mach number and
: vl derd : max :
Reynolds number is the peak velue attained; hence, the determining
factor or factors of this point will be discussged first. The peak
values of C; may be determined by the critical Mach number,
“max !
by the Reynolds number at which the entire beoundery layer is turbulent,
or by both.

The meximum pressure psaks encountered in tests of the wing have
been plotted againzt Mach number in figure 13. The curve of Pcr

against Mach number is also shown. The intersections of the curves
of maximum pressure coefficient with the curve of PCr occur at

free-stream Mach numbers at which the peak values of C were

obtained in force tests (fig. 7). The probability is indicated that

the peak vaelues of CL / for each tunnel condition occurred when the
max .

critical Mach number had been reached. The possibility that the

Reynolds number at which the entire boundery layer 1is turbulent would

be reached in these tests ig excluded. The effect of increasing

the magnitude of Reynolds number for a given Mach number, however,

by changing from the Lengley 16-foot high-speed tunnel condition

(reference 5) to the Langley 19-foot pressure tunnel condition

of Pig® = 33 (see fig. 4) increased the peek pressure coefficients -

and, consequently, CL - but reduced slightly the free-stream
“max

Mach number (fig. 13) at which the peak value of CL occurred.

max

When the flaps are deflected., an increase in pressure coefficient

along the chord results and this increase causes an increased

maximum 1ift coefficient; but because of the increased pressure

peaks, the critical pressure coefficient is reached at lower free-

stream Mach numbers with flaps deflected than with flaps retracted.

The foregoing discussion of figure 13 is based on consideration
of the maximum pressure coefficient that occurred on the wing.
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Visuel observations of the gtall pattern (fig. 1) Justified the
discussion of the stall with reference to only one point on the
wing. The stall studies were made st several Mach numbers end
revealed an abrupt simulteneous stall cver the entire surface of

‘the wing.

The decrease in CL after the peak value has been reached
max
is due to the fact that the critical pressure coefficient diminishes
(fig. 13) as the airspeed ims increased beyond this peint. As the
airspeed 1s increased, thsrefors, the critical pressure ccefficient
is reached on the wing at progressively lower angles of attack;
early stell is thus precipitated end, consequently, lower values
of maximum lift coefficient are obtained. The »principal contribution
of' Reynolds number towsrd increasing CL , a8 previously pointed
max
out, is its effect in increasing the angle of attack at which the
wing stalls; hence, when the critical Mach number limits the peak
value of CL , the effect of a further increase in Reynolds
max
number is markedly reduced. The date from the present tests
(figs. 7(a) to 7(c)) are too limited to determine whether at very
high airspeeds Cy, is affected at all by Reynolds number. Flight
max

tests of an airplane equipped with a wing of NACA &€-series airfoil
sections (reference 9) have shown that at values of Mach number in
excese of 0.50 the effects of Reynolds number are negligible. The
value of Mach number at which the Reynolde number will become
negligible will probably depend on the particular airlfoil involved.

The increase in C before the critical Mach number is
mex
reached is due almost entirely to the change in Reynelds number; that
is, the naturasl transition from laminar to turbulent boundary layer
with increasing Reynolds number allows higher angles of attack to be
reached before the wing stalls. When the values of CL are
max.
ccmpered at equal Reynolds numbers (figs. 7(a) to 7(c)), it is seen
that, in the range below the peak value of C. , lower values of
“max
C are obtained at a tunnel pressure of 14.7 pounds per square
mox

inch absolute than ere obtained at a tunnel pressure of 33 pounds per
square inch absolute. The values at P19' = 1h.7 are actually at

higher Mach numbers thar are the values at plQ' = 33 (fig. 4).

A pleusible explanation of this loss in lift due to the increase
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in Mach number may be that although the leading-edge pressures

at 1ift coefficients below the stall are almost the same, the

transition from laminer to turbulent boundesry layer is delayed Dy

the incressed Mech number and, since the wing tested exhibited

leminar separation, the wing will stall at slightly lower angles

of attack. This rearward movement of transiticu, because of e&n

increase in Mach nunber, has been determined for the low-drag range

at the Ames Leboratory, end a contimmation of the discussion to

CL appears resconsble from the results obtained in the present
max

teats.

Reference 1 presenis a method for predicting incremental changes
in the meximum 1lif't coefficient thet occur as a result of the
difference between wind-tunnel and flight Reynolde number. DBecause
the flight velue of Mach muber will usually be somewhat higher
than that used as & bagis for the method of reference 1 (Mc ® 0.08),

the application of that method for the prediction of flight values
of CL from tests at low Reynclds number will prcbably yield
max :
a higher value of CL - even if the critical Mach number has not
max
been reached.

The preceding discussion has dealt with the effects of Mach
number and Reynolds number on the maximum 1lift coefficient of a
wing which has an abrupt stall precipitated by high peak values of
leading-edge pressure. The charecteristics of & wing with lower
peak values cf leading-edge pressure and a more couplex stall may
be materially different. If a wing exhibits & stall produced by
trailing-edge separation, the leading-edge pressures mey be low
enough to allow a rather high free-stream Mach number to be reached
before the criticel pressure coefficient is encountered. In such a
cagse, the Reynolds mumber et which a completely turbulent boundary
layer exiets may be reached before the critical Mach number is
attained. The flaps-retracted leading-edge ~roughness conf'iguration
(fig. 7(d)) is an example in which the complete boundary layer is
turbulent. There is very little chenge in Cy through the

max
Reynolds number renge. The peak leading-edse pressuvres [urthermore
have probably been reduced so that no critical Mach number ig
indicated in the range of the present tests. The velue of C;
max
at the lowest Mach number and Reynolds number for pl9, = 14.7

causes the curve in figure 7(4) to have a sherp drop in the low
Reynolds number range. The shape of the 1lift curve for this test
condition (fig. 5(g)) at C, is such as to suggest the

max
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possibility of premature otall although no cause is evident. Because
the drop in the curve of CL against Reynolds number occurs

max
through a large part of the complete Reynolds number range and is a
result of this one test point, the curves have been shown dashed

between this test condition and the next highest test condition.
CONCL.UDING REMARKS

On the basis of the wind-tunnel investigation made to determine
the effects of Mach number and Reynolds number on the meximum 1ift
coefficient of a wing of NACA 230-series airfoil sections, the
following conclusions may be drawn. These conclusions appear
applicable to other wings which exhibit an abrupt stall precipitated
by high leading-edze pressures.

1. The peek values cf maximum 1ift coefficient are determined
by a critical Mach number which is attained at relatively low free-
stream Mach numbers (approx. 0.20 for the flaps-deflected configu-
rations and 0.25 to 0.30 Tor the flaps-retracted configuration).

2. The values of maximum 1ift coefficient are increased when
the Reynolds number is increesed but the critical pressure coefficient
(critical Mach number) is reeched at lower free-stream Mach numbers.

3. The increased pressure peaks that result when the flaps
are deflected cause the critical pressure coefficient (critical Mach
number) to be reached at lower free-stream Mach numbers than when

- the flaps are retracted.

L. After the critical pressure coefficient (critical Mach
number) has been reached, the value of maximum 1lift coefficient
is appreciably reduced by further increase in Mach number and there
is an indication that the effect of Reynolds number on the maximum
1ift becomes markedly reduced.

5. The value of meximun 1ift coefficient before the critical
pressure coefficient (critical Mach number) is reached is almost
entirely dependent on Reynolds number, but even in the low Mach
number range, Msch number effects should not be neglected. Any
method, therefore, that is utilized to predict flight velues of
meximum 1lift coefficient from wind-tunnel data by accounting for
a difference in Reynolds number and neglecting a difference in
Mach number may give erroneous results.

Langley Memorial Aeronautical Lsboratory
National Advisory Committee for Asrconautics
Langley Field, Va,, November 19, 19L6
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Figure 1.- Layout of wing of NACA 230
tunnel. Pressure orifices in left wing panel only.

-series airfoil sections tested in the Langley 19-foot pressure
(All dimensions are in inches.)
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(a) Front view.

Figure 2.- Wing of NACA 230-series airfoil sections mounted in the
Langley 19-foot pressure tunnel.
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Figure 3.- Close-up of tube-transfer system used in tests of a wing of
NACA 230-series airfoil sections in the Langley 19-foot pressure
tunnel,
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Figure 4.- Comparison of test conditions in the Langley 19-foot pressure tunnel and Langley 16-foot
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high-speed tunnel for a wing of NACA 230-series airfoil sections.
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Figure 5.- Variation of lift coefficient with angle of attack for a wing of NACA 230-series airfoil sections
tested in the Langley 19-foot pressure tunnel.
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Figure 6.- Variation of lift curve slopes with Reynolds number for the wing of NACA 230-series airfoil

sections tested in the Langley 19-foot pressure tunnel,
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Figure 7.- Variations of maximum lift coefficients and maximum angles of attack with Mach number and
Reynolds number for wing of NACA 230 -series airfoil sections tested in the Langley 19-foot pressure
tunnel.




NACA TN No. 1299

= J-.— p19' = 33
C 22 / /—}— plQ' = 14.7
t max o0 =3y
1.8
28 /—L_. plgl = 33
24
a //
i 7 i an = 14.7
20 e
/6
o / 2 3 4 S 6 b d
M,
24 Pigr = 88
2y
Ll B
" /, - p19' = 14,7
0‘/"0‘ //—\ /F
20 i Sl 8
1.8
28
Pygi= 93 —
24 e o
X max =] T =
20 i <
NATIONAL ADVISORY
/16 COMMITTEE FOR AERONAUTICS J
b 8 B B B T O

Ro
(b) & = 60° (partial span).

Figure 7.- Continued.

Fig. 7o
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NACA TN No. 1299 Fig. 13
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? { Figure 13.- Variations of maximum wing pressure coefficients with
Mach number for a wing of NACA 230-series airfoil sections
’ tested in the Langley 19-foot pressure tunnel,



/6 - 24 28
22 26

\
*—’\‘\ 0 4 24
v Direction of flow Infermittent stal/
/ G 22

GL/O L RV CL. L
20 H1

8 .
Complefe stal/ I8

6 Roug\ flow 14 [

g e
i\

12 g2 716 20
a

RN
KRR
R R

%
<56
% :"
5%

Sl 0
XY %% % %%
S KX (B3RO
X505 b X SRR AR 00020000, 0 0 0 0 !
£ K X QRS [XRRX XX
5K g .‘ ' %2000} SRR ::0’:":0::‘:‘:: %! :‘.'202':':':::323:3231 KL 0'0‘:‘:.‘::::’:"
R RS R R RRRAERIRRKS

XS
R
:.’ R

%
%%
35

S
%
R

e
o
D e
SRR

o o (X
S % %> 2R 3
> Q8RR X S [ RRXR 25 o KRR oot/ QX
< X : a%aS X o X o, R XXX
X v e XK ':!‘0?.0 K £ AR R RRRRAAHEN
X X X LK QAN RXOAXID

%
>

K55
55
5%

QXX

9%
ooses
0'0

P
%%
§8]

0°; (b) & = 60° (partial span); (c) 8, = 60° (full span);

A
o)
N
o
s
1]

=
I
)
\V]

&
a
I

6,920,000, M, = 0.16; R, = 5,180,000. M, = 0.16; R = 5,180,000.

() (¢
NATIONAL ADVISORY
Figure 14.- Stall pattern of wing of NACA 230-series airfoil sections. COMMITTEE FOR AERONAUTICS.

yT 314

6627 'ON NI VOVN




