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NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

TECHNICAL NOTE NO. 

APPROXIMATE CORRECTIONS FOR TEE JiCTS OF COMPRESSIBILITY 

ON THE SUBSONIC STABILITY DERIVATIVES OF SWEPP WINGS 

By Lewis P. Fisher 

A method which has previously been presented. for the estimation of 
the low-speed stability derivatives of swept wings is modified by means 
of the Prandtl-Glauert rule to yield approximate corrections for the 
first-order three-dimensional effects of compressible flow in the sub-
sonic region. Corrections are presented in chart form for several aspect 
ratios and angles of sweep and may be computed rather simply for other 
aspect ratios and angles of sweep. 	

/ 
Lift-curve slopes arid values of damping in roll are compared'with 

thoe obtained by use of a generally accepted method and are discussed in 
relation to unpublished data.

ThTRODUCTION 

The three-dimensional effects of compressibility on the lift-curve 
slopes of imswept wings are treated in references 1 and 2, and the treat-
ment is extended to the slopes of swept wings in references 3 and 1k.. The 
only other stability derivative that appears to have been considered is 
the damping in roll, for which compressible-flow values can be estimated 
from reference 5. 

At present no rigorous theories exist that seem suitable for the 
evaluation of all the stability derivatives of swept wings even in incom-
pressible flow. The effects of compressibility on these derivatives may 
not be treated in an exact manner for some time. For many applications, 
however, such as in dynamic stability calculations, an approximation of 
the effects of compressibility is adequate. 

A complete analysis, based on strip theory modified by simple means 
to account for the primary effects of aerodynamic induction, has been 
presented for the contribution of sweep to the stability derivatives of 
wings for zero Mach number. (See reference 6.)
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The method forms a convenient basis for making estimates, in a 
rational manner, of compressibility effects on the stability derivatives. 
This estimate is accomplished, in the present paper, by increasing the 
lift-curve slope of each wing section by an application of the Prandtl-
Glauert rule and. by using the equations of reference 6 to derive correc-
tions for the first-order three-dimensional effects of compressibility 
in the subsonic Mach number region. The corrections are applied in the 
form of ratios of the compressible-flow equations to the incompressible-
flow equations; thus, the effects of errors in the theory are minimized. 

The same procedure is applied to all the steady-state derivatives 
with the exception of the yawing moment due to yawing and the lateral 
force due to yawing. Since the contribution of a wing alone to either 
of these derivatives is small compared to that of the vertical tail,Mach 
number effects on these derivatives would appear to be insignificant. 

Consideration of the lift-curve slope and the damping in roll is 
included herein for completeness, although more rigorous procedures for 
treating these derivatives are discussed in references 1 to 5. 

SvmOLS 

The symbols used in the analysis and in the presentation of results 
are defined herein. All spans and chords are measured perpendicular and. 
parallel, respectively, to the plane of symmetry. 	 - 

CL	 lift coefficient (_Lift\ 
v2s) 

C	 rolling-moment oeffic lent (polling moment 

1pVSb	 /1 

Cm	 pitching-moment coefficient /Pitching moment'\ 

(\	 pv2sa	
) 

C	 yawing-moment coefficient /Yawlng moment'\. 
pv2sb	 ,) 

Cy	 lateral-force coefficient (Lateral 
V2S)
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an primary c1	 section primary-force coefficient 
(see reference 6)	

(Secti__force) 

p	 mass density, slugs per cubic -foot 

S	 wing area, square feet 

V	 free-stream velocity, feet per second 

b	 wing span, feet 

c	 wing chord, feet 

wing mean chord, feet (S/b) 

longitudinal distance rearward from airplane center of avity 
to wing aerodynamic center, feet 

y	 spanwise distance from plane of symmetry to amy station on 
wing quarter-chord line, feet 

spanwise distance from plane of symmetry to effective lateral 
center-of-pressure location of resulting load causing 
rolling mnànt, feet 

A	 aspect ratio (b2/S) 

taper ratio (Tipchord 
\Root chord) 

M	 Mach ntber (	 V 
\Speed of sound 

A	 angle of sweep measured at quarter-chord line, deees 

a..	 angle of attack, radians 

13	 angle of sideslip, radians 

13 '	 local angle of sideslip; angle between plane of symmetry and. 
local air-stream direction at quarter-chord point of any 
section, radians 

B0 =Ji - M2 
=-- McosA
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a0	 section lift-curve slope for section 'normal' to quarter-chord. 
line when placed in &irection of free stream 

p	 rolling angular velocity, radians per second 

pitching angular velocity, radians per second 

r	 yawing angular velocity, radians per second 

nondimensional rolling-velocity parameter 2V

nondimensional pitching-velocity parameter 
2V 

rb nond.imensiona]. yawing-velocity parameter 

Subscripts: 

L	 left wing panel 

B	 right wing' panel 

M	 value at Mach number 'M 

A=O°	 restricted, to zero sweep 

cL,J3,p,r,q, denotes derivative of CL, Cm, C 1 , C, or C with respect 

C.t 
to a, ,	 rb and 2.2.; for example, Cj 

2V' 2V'	 2V 

andCnp	 f\ 
2Vj

ANALYSIS - 

In reference 1, three variations of the application of the theory of 
small perturb.tione to deteriine the effects of compressibility are sum-
niarized. Two of these method's consist of changing the dimensions of the 
wing or the angle of attack or both through the Prandtl-Glauert trails-
formation end then obtaining tie aerodynamic characteristics of the 
resulting wing from incompressible-flow theory. These concepts are dis-
advantageous in that the plan form of the wing in sideslip or yawing is
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distorted unsynunetrically. The third method, which consists of increasing 
the two-dimensional lift-curve slope of a wing for which the dimensions 
were held constant, is the most convenient to use and. is the procedure 
adopted herein. 

leference 1 shows that the increase in section lift-curve slope is 
the only first-order three-dimensional effect of compressibility on a thin 
wing. For an unswept and untapered wing in a free- stream flow of Mach 
number M, the section lift-curve slope a0 is shown to be increased, by 
the Prandtl-Glauert factor i/B0 where B0 =	 - M2 . If the wing is - 
swept or oblique to the flow, however, only the component of the Mach 
number in the direction normal to the quarter-chord line is effective in 
increasing the section lift-curve slope of the wing. (See reference 7.) 
Thus the lift of a thin two-dimensional wing which is oblique to the flow 

by an angle A is increased by the factor 1/B where B = '/1 - M2cos2A. 
A somewhat reater rate of increase of wing lift with Mach number would be 
expected for wings of finite thicimess (reference 8), but it is shown in 
reference 14 that this effect is small for usual aspect ratios and sweep 
angles. For the present analysis, therefore, the effects of thic1iess 
will be neglected. 

The stability derivatives under consideration in this analysis depend 
substantially upon the orientation and the rate of change of lift and 
induced-drag (which depends on lift) forces due to a change in attitude of 
the wing. When these lift forces a.re increased in accordance with the 
Prandtl-Glauert rule, the stability d.erivativesthat depend so directly 
upon the lift forces may be expected to include the first-order effects of 
compressibility. The equations of reference 6 consider the two-dimensional 
effects of sweep corrected for finite aspect ratios. If the two-dimensional 
effects are further corrected for compressibility, the resulting equations 
shouldalso be valid. for three-dimensional flow. 

In reference 6, strip-theory equations were first derived for each of 
the derivatives with approximate consideration given to aerodynamic induc-
tion. Since the strip theory would be quantitatively in error, these 
equations were used only to obtain corrections to unswept-wing derivatives, 
which could. be calculated by more exact theories. 

In the derivations presented in reference 6, the section lift-curve 
slope was left arbitrary only when it had a primary effect on t1e deriva-
tive; that is, when the derivative was proportional to a 0 In other 

instances a0 was assumed equal to 2w. For the determination of the 

compressibility-correction equations in the present paper, the strip-
theory equations of reference 6 are restated in more basic fermi by 
retaining a0 in all instances,. The compressible-flow eqation is estab-
lished by substituting a0 in the incompressible-flow development with a0/B 
and then by replacing a0 with 2W. In the case of sideslippingor yawing, 

the problem seems a little more complex unless it is understood. that the local
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conMtions at each wing section are considered. The Mach number correction 
is then the ratio of the coinpressible-flow'equ.tion to its incompreèsible-
flow counterpart. This ratio, as it varies with Mach number, may readily 
be applied as a correction to incompressible-flow values of a derivative 
which may be determined from reference 6 or from experimental data. The 
derivations for the Mach number corrections for all stability derivatives 
considered are given in the appendix. Compressibility effects on the 
derivatives C	 and CYr are not considered in this paper, although a 

logical method for the estimation of the correction to Cflr Is suggested 

in the appendix. 

The present method Is subject to the limitations of the linear pertur-
bation theory that aSsumes only small departures of the fluid velocity 
from the free-stream velocity. The strip theory of reference 6 is limited 
for most accurate results to high aspect I'atios and taper ratios close to 
unity. Errors inherent In the equations, such as those maiIfied by low 
aspect ratios, however, tend. to nullify each other when the correction Is 
applied In the form of a ratio. For the same reason the equations are 
considered to be applicable to wings that are tapered at least moderately. 

RESULTS ATfl) DISCUSSION 

The correction factors derived for some of the derivatives depend on 
the static margin i/6 In order to provide an indication of the impor-
tance of the static margin, the factors dependent upon It were calculated 
for static margins of 0 and. 0.2 for wings having sweep angles of 300 
and 500 and. an aspect ratio of 1. The results shown in figure 1 indicate 
that the static margin is of little Importance; consequently, the margin 
was assumed to be zero for those equations in which it appeared. 

The corrections which may be multiplied by the incompressible-flow 
values of the stability derivatives under consideration In order to arrive 
at approximate values for the derivatives at Mach numbers between zero and 
unity are presented in chart form (fIgs. 2 to 9) . The charts present cor-
rections for four aspect ratios (2, 3, 4. , and. 6) and five angles of sweep 
(0°, 30°, 1,.00, 50°, and. 60°). Compressibility corrections for aspect 
ratios and sweep angles other than for those presented may be obtained. 
either by interpolation of the given curves or by calculation from the 
given equations. (See table I.) These corrections are applicable to either 
sweptback or sweptforward wings within the limitations of the basic theory. 

The calculated effects of cmpressIbI1ity on the stability derivatives 
of representative wings having an aspect ratio of Ii- are presented In 
fIgure 10, which shows that an increase in sweep may be expected to 
decrease the niaiItude of the Increments due to compressibility. Values of 
the derivatives for zero Mach number were obtained from reference 6 and any 
effects of static margin were neglected.
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A compison of the present method with the generally accepted method. 
of equivalent wings for determining approximate Mach number effects 
on C	 and C	 is given in figures 11 to 11.. The use of the equivalent-

p 
wing method in conjunction with calculations made by the Weissinger method is 
suggested in references 3 and 5 for CL and. C-1 , respectively. A pre-

p 
liminary comparison of these methods with some unpublished experimental 
data indicates that both methods underestimate the effects of compressi-
bility on C, particularly for the smaller sweep angles and higher Mach 

numbers. This underestimation is probably d.uein part to the neglect of 
the finite-th1c1iess effect of the experimental wings. The present method 
indicates eater variations with Mach number than the equivalent-wing 
method (see fig?. 11 to l ii. ) and, therefore, is expected to give better 
aeement with experimental results. 

The present method was derived by application of a form of strip 
theory to wings having a taper ratio of 1.0. An indication of the reli-
ability of the method for moderately tapered wings is provided for the 
derivatives C	 and. Cj in figures 11 and 13, respectively. These 

figures show that for an aspect ratio of 14 the differences between the pre-
sent method and the method of equivalent wings are about the same for taper 
ratios of either 1 .0 or 0 .5 . The present method, therefore, might be 
expected to aply with reasonable accuracy to moderately tapered wings. 
Comparisons of the present method with the equia1ent-wing method for 
untapered. wings having aspect ratios of 2 and 6 show that, over this range 
of aspect ratios, the present method yields consistently larger values of 
the corrections for either CT	 or C, . (See figs. 12 and i ii. .) Both 

.UCL 

methods are in general aeement in that, for a given aspect ratio, RmRller 
effects of compressibility are indicated as the sweep angle is increased. 

Sju ;i 

An adaptation of the Prandtl-Glauert rule is used to modify existing 
theory for the first-order effects of compressibility on the subsonic sta-
bility derivatives of swept wings. Lift-curve slopes and values of damping 
in roll are compared with those obtained by use of a generally accepted 
method and. are discussed in relation to unpublished data. Because of the 
lack of experimental data, the reliability of the present method for the 
calculation of the effect of high subsonic Mach numbers on all the sta-
bility derivatives is not lcnown; however, the method is expected at least
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to provide a reliable indication of the order of n3a1itude of the Mach 
number effect. 

In general, the effects of compressibility appear to become sm,11er 
as the angle of sweep is increased. 

Langley Aeronautical Laboratory 
National Advisory Committee for Aeronautics 

Langley Air Force Base, Va., January 20, 1911.9
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DERIVATION OF COMPRESSIBILITY-CORRECTION EQUATIONS 

Lift-Curve Slope 

The strip-theory relationship for (CL \	 in its basic form, as \ cL)M=O 
given by reference 6, is

a cosA 

(C)M = + a cos A 

The application of the Prand.tl-Glauert rule gives the result 

a 
-cosA 

(cii) = + a COB A 
7rA 

If the thin-airfoil-theory value of 2lr is now assiied to a 0 , the 

compressibility-correction equation becomes 

(CL	
- A+2cosA 

(CI,)M +2cosA	
(1) 

At zero sweep angle, equation (1) reduces to the equation derived in 
reference 2 by increasing the lift coefficient by i,.B2 aM decreasing 
the span and. angle of attack by B in the lifting-line-theory equation 
for C. 

Equation (1) indicates an increase in the compressibility factor 
from unity to l,FB as the aspect ratio increases from zero to infinity. 

Polling Flight 

Polling moment due to rolling.- A procedure similar to that employed 
for CL can be used to develop an expression for the effects of compres-

sibility on the damping in roll C .1 based on the following equation from 

reference 6 in basic form:

. Aa0cosA 
(C2 )	 = - A + 2a0 COB A 

iT
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The application of the Prandtl-Glauert rule gives 

. AcosA 

(czp)M=	
A+2c05A 

B	 71-

If a0 = 2w, then the compressibility-correction equation is


(cM = A+1cosA 
(CipMo AB + 1 cos A	

(2) 

Yawing moment due to rolling.- The incompressible-flow relationship 
for	 based on reference 6, is 

CL A+ 6(A 
+ a0 cos( taA + tan2A) 

	

2w J	 A	 12 (cflp)M0 = - -
A+2aoC0sA	 J 'IT 

When modified for compressibility, the equation becomes 

A + 6(A 
+ a0 cos A')('i tanA + tan2A" 

I \	 CL	 B 2w J\c A	 12/ 
, p)M=	

A+200sA._2 

	

IT	 B 

By letting a0 = 2w, the compressibility-correction equation 

becomes 

(c\	 ___ 
______	 A +	

P3 + 6(AB + cos AV tan A tan2j) 
_________	 Ac A + 12/ _______	 COB A ___________________________________ 
AB+lcosA 

A+6(	
"XtanA tan2A\ A + cos A)(	 A + 12) 

Figure 1 shows that the static margin i/o has a negligible effect 
on any correction equation In which it appears. If i/O is restricted 
to zero, the compressibility-correction equation for the yawing moment 
due to rolling.becomes
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C1	
+ ( 

+ COB A) tall2A 
____ A+cosA	

(3) (c\	 AB+cosAi( )2 

0L =0	 2 

Lateral force due to ro:Lling.- The equation for Cy, as developed 

for the incompressible-flow analysis of reference 6, is 

a0 cos A 
A+

211 
A + 2a0 COB A 

'IT 

(cy )M o = CL tan A

The value for the derivative at Mach number M may be written 

A + .2 COB A 

(CY)M=CLtanA	
B2 

a0 2 cos A A +-
B	 'ir 

If a0 = 21T, then 

(Cy\ 

____ A+cosAAB+cosA	
() 

(M_AB+c08A A+cosA 

Sid.eslipping Flight 

Rolling moment due to sid.eslip.- In the case of a swept wing in 
sideslip, the different effective sweep angles produce a difference in 
effective Mach number between the left and the right wing panels. Cal-
culations, however, show this difference in Mach number to be of second-
order Importance. The effect may, therefore, be neglected and a proce-
dure sinilar to that employed heretofore may again be used. 

The equation for C, as developed for incompres sible flow in 

reference 6, is
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_______ ___ 
iT	 tanA 

C j)_o \ CL)A0o b/2 A + 2a0 cosA 2 

iT 

The procedure employed in the present paper is actually applicable 
fC. \ 

only to the increment in (-.11 that is due to sweep. Althoui the other 
\ CL) 

increment cannot be handled by the present simplified, procedure, it prob-
ably is affected by Mach number in much the sanie manner as the increment 
due to sweep, since both increments result from load distributions of the 
same general form. The compressibility factor determined for the incre-
meiit due to sweep, therefore, is assumed to apply to the total value of 
the derivative. The additional assumption is made that compressibi1it 
causes no material change in the lateral center of pressure. 

/C \ 
If

	

	 is neglected and the Prandtl-Glauert rule is applied 


\ C/oo 
to the increment due to sweep, the equation becomes 

A + ±2 cos A 
B iT	 tanA 

\CLM	 b/2A+ao2cosA 2 
B 

If the thin-airfoil-theory value of 2ir is substituted for a0, the 

compressibility factor becomes 

(\
A+cOsAAB+2c05A 
+cosA A+2cosA	

(6)


CJQ 

Equation (6) should now be employed in the following manner to cor-
rect (C)Mo as calculated, from equation (5): 

ra0coA 1 (\	 '.	 - 	 A+ 
\ CQ4 L0°° 

b 2 A + 2a0 cos A 2jAB 
+ 1. cos A A + 2 cos A
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/C \ 
iere	 and	 ay be determined from reference 6. 

	

\ CJJQ0 	 b/2 

Yawing nioment due to sideslip.- The equation for (cfl)MQ, as 

developed in reference 6, is 

- (Cn\	 -	 -	 A	 a0 sin A a0 cos A 

- CL2)A_OO	 ( 2 cos A\ (	 A	 +

1TAA+

7T	 I 

A	 A2T	
) - 2 - a0 cos A 

IC 
I flh 

If (—n	 is neglected and the Prandtl-Glauert rule is applied 

\CL2 A=O° 

to the increment due to sweep, the equation becomes 

-	 tanA	 fiB1nA+2CO5A__	 A21r 

- - I + a 2 cos A) 3	 A	 B 2	 2	 a	
A) PiTA (A 

By letting a0 = 2ii-, the compressibility factor is-

________ - A + cos A 
AB+cosA 

I\ CL2)M_O

sin A +	 AB	 A2B2 
(	 A	 cosA----8T1 

,XsiflA	 A	 A2

+ COB A - - - 

A	 2 8cosA 

If i/6 is restricted to zero, the equation becomes 

'I
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CL2)M	 A + cos A A 2 +	 ÔOB A - 8 cos2A	
(8)


B+coBA A2+AcosA-8cos2A 

CL2)M 

Equation (8) may now be used. with respect to

	

	 in the same

CL21M..o 

/c \ 
manner a equation (6) was used. with respect to (___) 	 . The d.eriv-

\ CL! M=O (c \ 
ative 1 __.a	 may be determined, from reference 9. 

\CL2/A...00 

Lateral force due to sld.esllp.- The basic equation for (cYMQ, 

developed in reference 6, is 

Ic \. 

\CL2,1M_Q -

3a0 tan A sin A 

/	 2a0cosA 
77 2A(A +

ir' 

The corresponding Mach number equation becomes 

3-2 tan A sin A 
- 

\cL2)M 7T2A(A + , 2 2 cos A" 
\	 B	 7T	 / 

By' letting a0 = 27T, the compressibility factor is 

/c \ 

____ -' A+cosA 
+cosA 

\CL2)MO

(9)
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Pitching flight 

Lift due to pitch1ng - Reference 6 presents the following equation 
for lift due to pitching: 

(CLq)o = ( + 2) (cL)M 

The compressible-flow equation, therefore, is 

= ( + 2)(C 

then

_______ - (CL)	
= A + 2 cos A 

(CLq)M=o - (c)M	 AB + 2 cos A	
(10) 

Pitching moment due to pitching.- In the incompressible-flow develop-
ment (reference 6) the damping in pitch Is presented as 

A	 A	
A	

1 A3tan2A	 1 
(CMo=_cos	

A+apO	 -	 2 3aoosAj 

The modification of this equation for compressibility results in 

(C )M = -	 cos A	
A	 r( )2 +	 + 1	 A3tan2A	 + 

	

c	 2c	 3cosAao A+CO5AL'	 A+	 - 
B	 71	 B 

Upon setting a0 equal to 21T, the compressibility-correction equa-

tin for the pitching moment due to pitching becomes
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A	 [(j"2 +	 1 A3tan2A	 1 
(c )M - AB + 2 cos A'J	 2	 AB + 6 cos A + 

(C)Mo	 A	 rJ±"2 1	 1 A3tan2A	 1 

A+2cosAL\E)	 2ëjA+6cosA 

If i/ is restricted to zero

A3tan2A	 + 
(CmqM _AB+6cos.A B 
(C)M_o	 A3tan2A 

+ 3	

(11) 

A + 6 cos A 

Yawing Flight 

Rolling moment due to yawinge- In the determination of the effect of 
compressibility on the yawing derivatives of a wing, another factor is 
encoimtered which must be considered; , that is, the spanwise variation in 
Mach number. 

In reference 6 Cj is shown to be the result of two force coef -
ficients c1 and c 

ratin 
on the left and right wings, respectively. 

The following eaation is presented: 

1 

C i =	 (c	 cl)	 d()
	

(12) 

where in basic form 

/	 a0cosj\" 

'WA	 _________ 
clL=CL( 

i a0 cos A	 a0 cos A 

'WA

tasinA 

2a0 cos A 1 (1 + 
1+	 1 

'a0 e1nA 2ry 
V1 - 

2a0 coA	 •v 
1+	 /irA

(13) 

	

(.	
a0cosA'\' 

+	
'WA	 a0cOsA

.4 

	

A	
/	

'a0cosA 

	

c1R_OI\	

/\l+	
A
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In equations (13), the expression in the first parenthesis is related to 
the wing lift-curve slope, which depends ox]iy on the free-stream Mach 
number; the expression in the second parenthesis is related to the local 
wing section lift coefficient, which varies along the span and must be 
modified for the spanwise variation of Mach number; the expression in 
the third parenthesis modifies equations (13) for the spanwise variation 
in velocity in yawing flows 

By letting

BL = V/i - M2cos2A(l + 2) 

M2cos2A 

B 

and __________________ 

-	 BR =	 M2cos2A(1 - 2) 

M2cos2A 

B 

equations ( 13) when modified for compressibility become 

C1L_CL	 WA	 (_
çcosA	 f3'—sinA 

cosA 1+2 a000sA(	 ) 

(i aOCO5A\ / a0	 a0 

-	 .QcosA	 a	
-	 1+ 

B	 / \i] irA	 BL irA/ 

and.

+	 cos A\	
a0	 a0	

\ ___	 cosA	 f3'—sinA 
dR_CL1	 B irA	 BR	 +	

BR COSAJ(1-2Y) 
-	

a0	 --	 0cosA 

\	
cos A / \1 +.	 irA	 1 + 2	 ir / 

where, from reference 6.,

_ -
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Therefore,

a0 cos A C1 - C1 = 2CL 

t.: 
L B (B + 

B + 
a0 cos 

A	 +(Y	 i\
(i) + tan A

2a0cosA 
B+ 7rA 

After substituting this value of C1 - C1 from equation (114 . ) into 

equation (12), integrating across the span, differentiating the resi1t 
'with respect to the yawing-velocity parameter !, and replacing a0 

by 27r, the Mach number value of the derivative of rolling moment due to 
yawing becomes 

(r	 i[	 A(1—B2) l^AB+2cosA(tanAtan2A \ CL)M 6L B(AB+2cosAJJ AB+l4.cosAö 2A	 214.) 

At zero Mach number this equatio n reduces to the equation presented in 
reference 6:

/c '	 '-	 2 ( z r)	 1 A+2cosA(xtanA tenA) 

\ CLJM=O 3A+l4.cosA\c 2A + 24.J 

Therefore, 

/c \ r	 A(1 - B2) 1 PB + 2	 A ( ten A tan2L) 
\CL/4	 2A	 24.J 
/Cz \	 1 A + 2 cos A fx tan A tan2J\ 
(r)	

3A+1cosA	 2A +	 214.)

\ CL/M0 

If	 is restricted, to zero,
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A(l - B2 )	 + 2 cos A tan2A 
1 +
	 + 2 coB A) +	 + COB A 8	

(15)
A+2cosAtan2A 
l+A+A 8 

\°LJM=O 

Yawing moment due to yawing and lateral force due to yawing ,- The 
contribution of a wing alone to either Cflr or Cyr is small compared 

to the contribution of the vertical tail. For this reason, these two 
derivatives were not deemed as being of sufficient importance to warrant 
consideration similar to that given the derivative C. The derivatives 

may be corrected for compressibility effects on a similar basis; however, 
the procedure used for these derivatives could not be expected to be very 
reliable because the drag and the drag distribution are important but can-
not be handled in a logical mFinner, Perhaps the most reliable procedure 
for the derivative Cnr is the use of the incompressible-flow equation 

of reference 6 with the wing profile-drag coefficient appropriate to the 
Mach nu.nber in question.
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TABLE I - SUMMARY OF APPROXB4ATE CORRECTIONS FOR THE 

ERFECTS OF CORESSTBUJTY ON STABUITY DERIVATIVES 

Derivative
Relation

Equati Figure 

(CI)M A + 2 COB 
A (CLa)MO

(i) 2 
AR + 2 coB A 

( c
(2) 3 

AR+cOsA(P)M=0 

A + i COB A AR +	 (AR + COB A)tazi2A /Cn) 

AR +	 A +	 A + COB A)t2A	 CL
(3) 

/C 
A+COs A AR + COB A

(1k) 5 
'\ C/ P3 ^	 COB A	 A + cOB A \ CL/4S_O 

•	 A+4COBAAR+2COBA (6) 6 
CJ AR +	 COB A A + 2 COB A 

A+coB AA 2 +ARCOBA . 8C0B2A / 
C2) AR +	 COB A	 A2 +	 A COB A - 8 COB2A	 CL2)MO (8) 7 

A+COBA('\ (9) 3 
\CL2)M AB+1COBAC2) \ L /M=O 

( CLq)M
A + 2 COB (CLq)M_o (10) 2 

AR + 2 coB A 

A3tan2A	 +
B AR+6C0BA (C')

A3tan2A	
(c)M_o (II) 8 

+3 
A + 6 'COB A 

fC1\ A(1-B2 )	 AR+2coBAtan2A	 C 
+	 + A	 8 (AR + 2 COB A)	 AR +	 COB

(15) 9 \ CI)M A + 2 COB A tan2A	 \ CJ'= 1 
+ A +	 coB A

1The Bymbol B uBed in theBe equatiOnB repreBentB v'i M2COB2A. 
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