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SUMMARY

An investigation has been conducted to determine experimentally the
effects of compressibility on the flow past a bump and to compare the
experimentally determined results with theory. Pressure measurements
and schlieren photographs were made over a large Mach number range of the
flow past two bumps having thickness-chord ratios of 0.10 and 0.30.

The results of the investigation indicated that the effects of com-
pressibility on the flow past these specially shaped profiles or bumps
were in agreement with results of previous investigations on airfoils.
Reasonably good agreement was found between the experimental results and
the symmetrical type of theoretical solution of the flow past bumps except
over the rear half of the models at supercritical Mach numbers. This
disagreement between experiment and theory suggested that an asymmetrical
type of theoretical solution would be necessary to obtain agreement with
the real flow. Such a solution would probably introduce mathematical
discontinuities in the flow. The results of the investigation also showed
that the "limiting" Mach number had no practical significance in relation
to the formation of compression shocks. The theory does yield information
with regard to the extent of the supersonic-flow field over the forward
part of the model at Mach numbers up to the limiting value.

INTRODUCTION

A theoretical study of the flow of a compressible fluid past two-
dimensional symmetrical bumps of various thicknesses is given in refer-
ence 1. In reference 1 an iteration process credited to Ackeret (refer-
ence 2) is used; this process extends the Prandtl-Glauert relation
(references 3 and 4) to higher-order terms. Reference 1 shows that the
addition of the second- and third-order terms produced an increase in the
predicted effect of compressibility on the maximum negative pressure
coefficients; the resulting effect was in good agreement with that obtained

lSupersedes recently declassified RM L6K12b "Effects of Compressibility
on the Flow Past a Two-Dimensional Bump," by W. F. Lindsey and Bernard N.
Daley, 1947,
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from Von Ké}még—Tsien relation (reference 5). Reference 1 also gives a
theoretical indication of a "limiting" Mach number beyond which poten-
tial flow or flow without shock did not exist. The amount by which the
limiting Mach number exceeded the critical Mach number increased as the
thickness-chord ratio increased.

The profile of the shape for which the theoretical study of the
flow was made (reference 1) was such that reasonable agreement could be
expected between the real flow at low speeds and the potential flow. An
investigation was made, therefore, in the Langley rectangular high-speed
tunnel to determine experimentally the effects of compressibility on the
flow of a real fluid past this type of bump and to compare the experi-
mentally determined results with the results obtained by perfect-fluid
theory.

Models of 10- and 30-percent thickness were investigated. The
thinner model corresponded to approximately the middle of the thickness
range included in the theoretical study, whereas the thicker model was
somewhat beyond the limits of that range. The investigation of the
thick model presented an opportunity to compare two complementary theo-
retical methods for calculation of subsonic flows: namely, the Poggi
method and the Ackeret iteration process. For thick bodies, for which
the critical Mach number is small, the Poggi method should yield the
more accurate result because the shape factor has a greater effect than
the compressibility of the fluid. For thin bodies, for which the critical
Mach number is high, the Ackeret process should yield the more accurate
solution because the effect of compressibility of the fluid is greater
than the shape effect. (See reference 1.)

The experimental investigation consisted of pressure measurements
and schlieren photographs of the flow past the two 4-inch-chord models.
The pressure measurements were made at Mach numbers from 0.22 to the
choking Mach number of the tunnel. The schlieren photographs were obtained
in the supercritical-speed region. Inasmuch as the theoretical study was
restricted to an angle of attack of 0° to avoid the occurrence of a
stagnation region at the sharp leading edge of the symmetrical shape, the
present investigation was conducted so that this condition would be
satisfied.

SYMBOLS
M stream Mach number

Mcrp critical Mach number (stream Mach number at which sonic
velocity is attained locally, as at model surface)
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t
Subscripts::

10

30

stream dynamic pressure (%QV2>
stream static pressure
local static pressure (as at model surface)

Pl = P
pressure coefficient —
q

maximum negative pressure coefficient at model surface

critical pressure coefficient <942§§%—:—E); corresponds to

M = 1.0 at model surface
stream total pressure
total pressure in wake of model
theoretical decrease in total pressure through a normal shock

distance from surface to point in local flow field where
M = 1.0, percent model chord

location of forward station on model at which stream velocity
(P = 0) is attained

section drag coefficient
ratio of specific heats
stream mass density
stream velocity

chord of bump

thickness of bump

10-percent bump

30-percent bump



b NACA TN 2L8L

APPARATUS AND METHODS

The present investigation was conducted in the Langley rectangular
high-speed tunnel, which is a nonreturn induction-type tunnel having a
4- by 18-inch test section (fig. 1(a)). The L4-inch dimension of this
tunnel is fixed, but the two narrow walls are flexible and permit the
height (18 in. at test section) to be varied in order to adjust the
pressures along the tunnel axis.

Tests were made on only one surface of each model because the models
were symmetrical and were tested at an angle of attack of 0°. The sur-
faces or bumps were attached to a long flat support plate installed along
the tunnel center line and spanning the 4-inch dimension. The two bumps,
representing 1lO-percent- and 30-percent-thick models, were attached to
opposite sides of the support plate at the test-section level, the chords
of the models coinciding with the surfaces of the plate. The plate thus
assured the proper attitude of the model with respect to the flow. The
thickness of the boundary layer on the support plate at the test-section
level was expected to be small because of the favorable pressure gradient
ahead of the model location, and a thin boundary layer was indicated by
total-pressure measurements normal to the tunnel walls at the test section.

The installation is shown schematically in figure 1(b). This instal-
lation divided the tunnel into two relatively independent channels of
flow. The Mach number of the flow in each channel was determined inde-
pendently by means of calibrated static-pressure orifices located upstream
of the test section. The axial static-pressure gradient at the test-
section level with the models removed was not appreciable along the
support frame for Mach numbers below 0.85; along the tunnel wall above
the model location at a Mach number of 0.85 a variation from -1 to 3 per-
cent of the Mach number of the flow was indicated.

The 10- and 30-percent bumps of U4-inch chord completely spanned the
test section. Each model had one chordwise row of static-pressure orifices
installed on the model surface at the semispan station. Model profiles,
orifice locations, and model-support assembly are shown in figure 2.

Data were obtained by measurements of the chordwise static-pressure
distribution along the surface of the bumps and of the total-pressure
variation across the wakes of the bumps. The pressure measurements were
obtained at Mach numbers from 0.22 to the choking Mach number for each
bump. The choking Mach number was 0.86 for the 1lO-percent bump and 0.73
for the 30-percent bump. Additional information on the flow past the
bumps was obtained at supercritical Mach numbers in the form of schlieren
photographs.




NACA TN 2484 5

TUNNEL-WALL EFFECTS

The existence of constriction effects in high-speed tunnels has been
shown experimentally (reference 6) and the problem has been investigated

theoretically (reference 7). The theoretically derived correction, based

on the assumption of small induced velocities at subcritical Mach numbers
(see also reference 2), should provide an indication of the magnitude of
the tunnel-wall effects. The theoretically indicated errors for both
bumps at their critical Mach number are as follows:

10-percent bump
Corrected M = M x 1.010
Corrected q = q X 1.013

30-percent bump
Corrected M =
Corrected q

e

.012
20

Il
X X

I
a =2

The theory thus indicates that the correction at the critical Mach number
is small. Because the indicated correction is small and would have no
significant effect on the main conclusions obtained from the present
investigation, the experimental data presented herein are uncorrected

for tunnel-wall effects.

The choking phenomenon is an additional factor that enters into the
problem of wind-tunnel testing at high subsonic Mach numbers. At the
choking Mach number sonic velocities extend from model to tunnel wall,

and the static pressure is lower bekind the model than ahead of the model;

thus large gradients are produced in the static pressure (reference 6).
The resulting flow past the model is unlike any free-air condition, and
data obtained at the choking Mach number are therefore of questionable

value and are not presented herein.

RESULTS

A comparison of the pressure distributions along the profile of the
30-percent bump at a Mach number of 0.50 derived by the theoretical
methods of Poggi and of Ackeret is presented in figure 3.

The basic results of the experimental investigation are presented
in figures 4 to 7. The variations with Mach number of the pressure dis-
tributions that were determined experimentally are presented in figure k4
for the 30-percent bump and in figure 5 for the 1lO-percent bump. The
theoretically derived pressure distributions are included in figures 4
and 5 for comparison with the experimental results. The flow past the
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two bumps at high Mach numbers is shown by the schlieren photographs
presented as figure 6. Additional information on the effects of com-
pressibility on the flow past the 10-percent bump is shown in figure 7

as the variation with Mach number of the pressure coefficient at stations
located various distances above the surface of this bump at the 0.50-
chord station.

The variation with Mach number in the estimated normal shock loss
for the 10-percent bump is presented in figure 8, and the total pressure
variation across the wake of the 10-percent bump at several Mach numbers
is shown in figure 9. The effect of compressibility on the location of
the station at which stream velocity (P = 0) was attained on the forward
part of the model is shown for both bumps in figure 10.

DISCUSSION

Comparison of Experiment with Theory

Poggi's and Ackeret's methods.- Poggi's method yields the components
of the fluid velocity in the form of a power series in stream Mach number.
The coefficients of the various powers of stream Mach number are exact
and valid for all values of thickness. The method of Ackeret, however,
yields the components of the fluid velocity in the form of a power series
in thickness (reference 1). At high subcritical Mach numbers, therefore,
the more satisfactory solutions of the flow past thin models should be
obtained by the method of Ackeret, whereas Poggi's method should yield
the more satisfactory solutions for thick models such as the 30-percent
bump. A comparison is given in figure 3 of the pressure distributions
obtained by these two methods for the 30-percent bump at a Mach number
of 0.500. From the appearance of wriggles in the pressure distribution
derived by the method of Ackeret this method is deduced to be inaccurate
for 30-percent bumps, as was expected. In the comparisons between theo-
retical and experimental results that are given herein the method of
Poggi is used, therefore, for the 30-percent bump, whereas Ackeret's
method is used for the 10-percent bump.

Subcritical Mach number range.- An examination of the theoretical
and experimental pressure distributions at low speeds on the thick bump
(fig. 4(a)) and the thin bump (fig. 5(a)) discloses two disagreements.
The dissymmetry in the experimental pressure distribution over the front
and rear parts of these models can be attributed to viscosity in the real
fluid that produces a change in the flow as a result of the growth of
the boundary layer. A difference between the theoretically and experi-
mentally determined maximum negative pressure coefficients could be
expected as a result of the effects of the boundary layer from the sup-
port plate and the simplifying assumptions (such as the assumption of a
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perfect fluid) that were made in the theoretical analysis. Closer agree-
ment between theory and experiment could have been obtained at the given
speed (M = 0.225) had the theoretical pressure distributions been deter-
mined for slightly thinner models; namely, 8.3-percent and 27-percent
bumps .

Inspection of the experimental pressure distributions in the sub-
critical Mach number range (figs. 4(a) and 4(b) and figs. 5(a) to 5(c))
indicates that the effect of compressibility on the pressures acting on
these bumps is in good agreement with the theoretically predicted effect;
the agreement for the thin bump is closer than for the thick bump. The
theory, however, slightly underestimates the rate of increase with Mach
number of the maximum negative pressure coefficient P,,., even for the

thin model.

Supercritical Mach number range.- The pressure diagrams of figure k4
indicate that separation of the flow occurred in the supercritical speed
range. This indication is substantiated by the schlieren photographs of
the flow past the 30-percent bump (fig. 6). Pressure-distribution dia-
grams and schlieren photographs further show that as the Mach number is
increased, Ppgx decreases while the shock position is not appreciably

affected; these effects result from the extensive separated flow condition.

Separation of the flow from the 1O0-percent bump, as shown by the
schlieren photographs (fig. 6) is not appreciable for Mach numbers less
than approximately 0.81. At somewhat higher Mach numbers separation, of
a much lesser degree than the separation from the 30-percent bump, appears
to start at the base of the shock and could therefore be expected to
have little or no effect on the flow ahead of the shock.

A comparison between the experimental and theoretical pressure-
distribution diagrams for the 1lO-percent bump at supercritical Mach
numbers (fig. 5) shows that the experimentally determined values of
deax/dM were larger than the theoretical values (also shown in fig. 7);

a large disagreement, however, occurred in the shapes of the pressure
distributions. The divergence between the theoretical and experimental
distributions increased as the Mach number increased above a value of
0.785 as a result of the rearward movement of both the position of Bty

and the "discontinuity" in the experimental pressure distribution. The
positions of these pressure discontinuities are in good agreement (within
0.03c) with the positions of the shocks shown in the schlieren photographs
ofi i mare 6,

If the adiabatic gas law, Bernoulli's equation for compressible
flows, and the equation of continuity (conservation of mass) are combined,
the following relation between flow area s and pressure p within a
stream tube can be obtained:



8 NACA TN 2484

ds 1 - M°dp

where 7 1is the ratio of specific heats.

This relation shows that where the area of the stream tube is
expanding (positive ds) compressions (positive dp) occur if the local
flow is subsonic (M < 1), but if the local flow is supersonic (M > 1)

expansions (negative dp) occur. f

The foregoing relation, exact for flow within a stream tube, should

be expected to indicate the direction of pressure change in two-dimensional

flow. At subcritical speeds the shape of the pressure distribution is in
agreement with this relation, as was expected. The agreement with the
relation indicates that the streamlines have less curvature than the sur-

face of the model. At supercritical Mach numbers, however, the assumption

of a symmetrical solution in the theoretical study (reference 1) requires
the streamlines to have more curvature than the surface in the region of

supersonic flow. This theoretical requirement is not physically tenable

in the flow over the rear part of the model and consequently the position
of Ppgy could be expected to move rearward at supercritical speeds as

shown by the experimental results. The pressure at the rear of the model,
however, is high relative to the pressure in the local supersonic flow
region, and this condition necessitates a compression of the fluid. All
available information has shown that compressions of fluids moving at
supersonic velocity are accompanied by shocks and consequently by energy
losses. The compression shocks are evident in the schlieren photographs
of figure 6.

The foregoing considerations indicate that the theoretical pressure
distributions at supercritical Mach numbers cannot even approximate a
true picture of the flow conditions over the rear of the model. The con-
siderations further lead to the possibility that an asymmetrical type of
theoretical solution would be necessary to obtain agreement with the real
flow, and a mathematical solution of this type of flow could include
discontinuities.

Shock losses.- The losses through shocks in two-dimensional flow are
dependent on three factors: namely, the intensity of the shock, the
distance the shock extends normal to the chord into the flow above the
model, and the variation in intensity of the shock along this distance.
The first factor obtained from measured values of B (fig. 7) and

from the theoretical loss in total pressure through normal shocks (refer-
ence 8) is presented in figure 8(a) as the loss in total pressure in
terms of dynamic pressure ﬁH/q. The factor AH/q is the theoretical
loss incurred in a flow through a normal shock in one dimension and is
only an approximate representation for the loss in two dimensions. The
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second factor can be represented by the extent of the supersonic-flow
region above the surface of the model y/c. The experimental values of
y/c, obtained from measured static pressures in the flow field above the
0.5-chord station (fig. 7) are showr by figure 8(b) to be in good agree-
ment with the theoretically derived values of reference 1.

The product of y/c (experimental) and H/q (presented in
fig. 8(c)) gives an estimated shock-loss variation for one side of the
10-percent bump. Figure 8(c), however, does not include the third fac-
tor; that is, the variation in shock intensity or loss through shock
along the distance y/c. Consideration of the velocity gradient in the
flow above the lO-percent bump (see fig. 7) indicates that the loss
through the shock varies from a maximum value near the surface of the
model (fig. 8(a)) to O at a distance y/c from the model where the local
Mach number is 1.0. Figure 7 and the measured total pressure variation
across the wake of the 10-percent bump (fig. 9) indicate that the effect
of compressibility on this third factor is small for the model and the
Mach number range considered. The third factor could be approximated
therefore by a constant (less than 1), the effect of which would change
only the numerical scale in figure 8(c).

The estimated normal-shock loss (fig. 8(c)) indicates that the critical
Mach number (0.756) can be exceeded by 6.5 percent of the velocity of
sound before the loss or drag increment attains a value of 0.01 as a
result of shock alone. The test points in figure 8(c) are the measured
increments in drag coefficient above the value obtained at a Mach num-
ber of 0.75 (obtained as from fig. 9). The delay in loss shown by these
test points 1s in good agreement with the estimated shock loss.

Figure 8 illustrates that the assumption that shocks form at Mer

is in accord with the phenomena that occur and does not necessitate an
abrupt increase in losses or drag at M.,. The estimated shock loss,

however, does not include the additional loss from flow separation that
is generally encountered at supercritical speeds. (See 30-percent bump
in fig. 6 and references 9 and 10.)

Stream velocity station xg.- The existence of an effect of com-
pressibility on the station at which stream velocity occurs xg (fig. 10)
indicates a limit to the speeds to which the low-speed pressure-
distribution diagrams can be extrapolated by the theoretically derived
methods in general use. The various theoretical methods 9f gxtrapola—
tion, namely, Prandtl-Glauert (references 3 and 4), Von Karman-Tsien
(reference 5), and Temple-Yarwood (reference 11) give
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Calculations by Ackeret's and Poggi's methods (reference 1), however,
show that x  moves toward the chordwise position of Prhax @s the Mach

number is increased. The movement, which by derivation is independent
of viscous effects, is small at subcritical Mach numbers but increases
rapidly as the critical Mach number is exceeded. By the comparison in
figure 10 the effects of compressibility on xg for the bumps as deter-

mined by experiment and by theory are shown to be in very good agreement.

The movement with increasing Mach number of xg toward the location
of Ppax and the increase in dxsldM with increased thickness-chord
ratio (fig. 10) is in agreement with the results of pressure-distribution
measurements on airfoils (reference 12) and has been referred to as being
comparable to increases in thickness.

These experimental and theoretical results indicate that the usual
methods of extrapolating low-speed pressure distributions for bodies
having finite induced velocities are defective for values of pressure
coefficient at or near zero.

Limiting Mach number.- The theoretical pressure-distribution diagrams
at supercritical Mach numbers were justified by a theoretical indication
of a limiting Mach number, beyond which potential flow can no longer exist
(reference 1). Flows without shock were thus assumed to occur at Mach
numbers below the limiting value, even though supersonic velocities were
attained locally within the flow.

The experimentally determined flow in the region of compression over
the rear of the model is in complete disagreement with theory. In con-
nection with the formation of shock, therefore, the limiting Mach number
has no significance. Some agreement between theory and experiment is
indicated at supercritical Mach numbers, however, on the flow over the
forward part of the model (figs. 8(b) and 10(b)). The limiting Mach num-
ber therefore may be applicable to the flow in the region of expansion

ahead of the low-speed location of Ppax DPut 1s inapplicable to the

region of compression and consequently to the formation of shock for
which Mcr retains its practical significance.

Comparison of Flow past Bumps and Airfoils

General.- The effects of compressibility on the flow past the bumps
at subcritical speeds, as shown by pressure distributions and schlieren
photographs, are in accord with previous airfoil investigations (refer-
ences 9, 10, and 12).

At supercritical speeds the effects of compressibility on the wvalue

and position of PRy, differ for the two bumps. For the 30-~percent bump
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deax/dM is negative and the position of Ppax 1is approximately constant
throughout the supercritical speed range; for the 10-percent bump, how-
ever, deax/dM is positive and the position of Ppgx continues to

move downstream with increasing Mach number. These differences may be
attributed to a very large difference in the extent of the separated flow

from the two bumps, the 30-percent bump naturally having the larger
separated flow region.

Pressure distributions and schlieren photographs obtained from air-
foil investigations are in very good agreement when compared with these
experimental results on the basis of comparable adverse pressure gradients
(see references 9, 10, 12, and 13).

Disturbances and pressure discontinuities.- The critical Mach number
Mcr is important because it marks the end of the subcritical speed range,

in which serious adverse effects of compressibility are not encountered.

Various methods, including inspection of schlieren photographs,
have been used to determine Mcy. The results of the present investiga-
tion (fig. 6) indicate clearly that schlieren photographs having a small
exposure time (2 microsec.) are inadequate to determine Mqr accurately.

Figure 6(a) (M3p = 0.513) shows a disturbance on the 30-percent bump that
is similar to the shock formation that occurs at or slightly above M.

(0.524). (Compare with fig. 6(b).) For the condition shown in fig-

ure 6(a), the maximum local Mach number, as determined from the pressure-
distribution data, is 0.965. A similar phenomenon is observed in the

flow past the 10-percent bump, for which M., = 0.756. (Compare figs. 6(f)

to 6(h).) 1In this case the maximum local Mach number is 0.945 for a
stream Mach number of 0.733. High-speed moving pictures were not taken
for the bumps; however, the disturbances observed in the flow at sub-
critical Mach numbers are believed to be not stationary. These results
are in agreement with results in reference 10 and other results obtained
in the Langley 2k-inch and rectangular high-speed tunnels. Disturbances
can probably be observed, therefore, near the model surface when the
local Mach number is of the order of 0.95.

In connection with the occurrence of disturbances in the flow, the
conditions under which discontinuities appear in the pressure-distribution
diagrams should be considered. The shape of the pressure diagram for the
1lO0-percent bump changed with some indication of a discontinuity at a
Mach number of 0.789 corresponding to a maximum local Mach number of 1.10
(fig. 5(e)). 1In figure 5(f) for the lO-percent bump and figure 4(e) for
the 30-percent bump, the maximum local Mach number for both figures is
1.15, and therefore the discontinuity is more definite. Pressure-
distribution data from airfoil investigations showed that the first
indication of a discontinuity occurred when the maximum local Mach number
was equal to or slightly greater than 1.1, whereas a definite discontinuity
was evident when the maximum local Mach number was somewhat less than 1.2.
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when the local Mach number is approximately 1.15. The discussion of
disturbances in the flow past models and discontinuities in pressure-
distribution diagrams shows these methods of estimating Mcy to be

inaccurate. |

|
|
_ |
A discontinuity in pressure-distribution diagrams could thus be expected

Because of the general agreement between the present investigation
on bumps and previous investigations on airfoils, the experimentally
verified parts of the theoretical investigation of reference 1 can be
considered to be applicable to airfoils.

CONCLUSIONS

Results of an investigation made in the Langley rectangular high-
speed tunnel on the flow past two bumps having thickness-chord ratios of
0.10 and 0.30 indicated the following conclusions:

shaped profiles or bumps were in agreement with previous investigations

\
1. The effects of compressibility on the flow past these specially
enalriolilisi

\
2. Reasonably good agreement was found between the experimental
results and the symmetrical type of theoretical solution of the flow past
the bumps except in the flow over the rear half of the models at super- 5
critical Mach numbers.
|

3. The large disagreement between the symmetrical type of theoretical /
solution and the experimentally determined flow over the rear of the models r
at supercritical speeds indicated a possibility that an asymmetrical type
of theoretical solution would be necessary to obtain agreement with the ’
real flow, and such a solution could include mathematical discontinuities ‘
in the flow.

4. The "limiting" Mach number was found to have no practical signifi-
cance in relation to the formation of compression shocks but might have
some application to the flow over the forward part of a model where
expansions occur at low speeds.

National Advisory Committee for Aeronautics

|

|

Langley Aeronautical Laboratory ;
Langley Field, Va., April 1, 1946 |

|

|

|
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Figure 1l.- Schematic diagram of Langley rectangular high-speed tunnel
with optical equipment and bump installation.
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Figure 3.- Comparison of theoretical results from the Poggi and Ackeret

methods. 30-percent bump; M = 0.500.
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Figure 4.- Continued.
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Figure 4.- Concluded.
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Figure 5.- Pressure distribution over the 10-percent bump.
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Figure 5.- Continued.
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Figure 5.- Concluded.
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o)) Mlo =: 0,541 M3O =S OHE 4
Figure 6.- Schlieren photographs of flow past the 10- and 30-percent

bumps .
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(e) Myg = 0.590; Mz = 0.576.

(d) Mlo = 0.630: Mso = 0.606,
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Figure 6.- Continued.
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(g) Mjg = 0.754; Mz = 0.680.

Figure 6.- Continued.
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Figure 6.- Continued.
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Figure 7.- Variation with Mach number of the Pressure coefficient at
several locations in the flow field of the 10-percent bump.
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Figure 8.- Estimated normal-shock-loss variation for 1O-percent bump.
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Figure 9.- Total pressure variation across wake of 1O0-percent bump.
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Figure 10.~ Position of forward point of stream velocity.
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