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TECHNICAL NOTE 3455 

RECOVERY AND TIME-RESPONSE CHARACTERISTICS OF SIX THERMOCOUPLE 

PROBES IN SUBSONIC AND SUPERSONIC FLOW 

By Truman M. Stickney 

SUMMARY 

Experimental d.a:ta were obtained on the recovery characteristics and 
time constants of three shielded and three unshielded thermocouple 
probes . The data, which were taken in air at room total temperature 
over the Mach number and total- pressure ranges of 0 . 2 to 2.2 and 0 . 2 to 
2 . 2 atmospheres, respectively, show reproducible systematic variations 
of recovery with Mach number , ambient pressure, flow angle, and probe 
design . Time- constant data determined at Mach 0.2 and room temperature 
and pressure indicate that unshielded probes are several times faster in 
response to temperature changes than shielded probes. 

INTR ODUcr ION 

For temperature measurements involving the immersion of instruments 
such as thermocouple probes in gas streams, corrections to the indicated 
temperatures are often necessary, since the probe junction may attain 
thermal equilibrium at a temperature other than that of the undisturbed 
gas stream . At low velocities , the equilibrium temperature results from 
a balance between heat transferred by convection to and from the gas and 
heat transferred by radiation and conduction to and from the external 
surroundings. For a gas moving at a high velocity, however, an addi ­
tional factor becomes important, namely) the aerodynamic heating effect) 
which is a result of friction in the boundary layer on the probe sur ­
faces and of stagnation at certain points on the probe . The aerodynamic 
heating on the various probe surfaces is not necessarily uniform; there ­
fore ) for probes immersed in high-velocity gas streams) thermal equi ­
librium must include local heat transfer among different parts of the 
probe . 

When negligible heat transfer to and from external surroundings is 
assumed) the indication of a thermocouple probe) or adiabatic junction 
temperature , can be related to the total temperature of the gas stream 
by the recovery ratio R defined as 
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(1) 

(All symbols are defined in the appendix.) The recovery characteris­
tics can also be described by the recovery factor r, defined by 

The two parameters are related by 

( 3) 

It has been well established that the recovery factor, and hence 
the recovery ratio, of a thermocouple probe is affected by probe de­
sign, flow angle, and the properties of the gas stream (ref. 1). The 
external heat - transfer effects will not be considered here; they have 
been treated in several papers listed in reference 2 and in references 
3 and 4. 

The dynamic response of a thermocouple probe is generally given in 
terms of a time constant ~, e~ual to the time re~uired for the probe 
to indicate 63 percent of a step change in temperature. The time con­
stant depends upon the probe design, the properties of the gas stream, 
and the thermocouple wire material (refs . 3 and 4). 

Data are presented herein on the recovery ratios and time constants 
of six thermocouple probes in air at room total temperature for Mach num­
bers from 0 . 2 to 2.2, total pressures from 0 . 2 to 2.2 atmospheres, and 
various flow angles. 

APP ARATUS AND PROCEDURE 

The recovery ratios were determined in the apparatus shown in fig­
ure l {a ). The flow processes in the nozzles and testing regions were 
isentropic within the accuracy of the pressure and temperature measure ­
ments . All tests were made at room total temperature (700 to 1000 F) . 
Labor atory dry air was employed for supersonic tests to avoid condensa­
tion shocks in the nozzles and testing regions (ref . 5 ) . The close 
agr eement between theoretical and experimental data on total-pressure 
ratio across normal shock (fig . l (b)) indicates condensation effects 
wer e negli gible . 

The setup for determining time response is shown in figure 2 . 
Cover ed with the shield, the pr ob e was heated to a constant temperature 
with t he hot- air blower . A step change in temperature occurred when 
the shield was suddenly retracted from the jet stream and the blower 
simultaneously shut off. 
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Figures 3 and 4 show the six probe sensing elements with their 
adjacent supports. The indicated tolerances are those which can be 
expected in the fabrication of such instruments. 

The probable error in total temperature was rlo F. Temperature 
differences were measured with a probable error of ~.lo F. Pitch and 
yaw angles were measured with a probable error of ~1/2°. Errors in 
pressure measurements were negligible . 

RESULTS 

3 

Recovery ratios of the six probes are plotted in figure 5 as a 
function of Mach number for the reference condition of 1 atmosphere 
total pressure and zero angles of pitch and yaw. (See fig. lea) for 
definitions of pitch and yaw.) Other recovery data reported in the 
literature (refs. 6 to 8) are also indicated in figure 5 (a). The data 
quoted from references 6 and 7 are for a static pressure of 1 atmosphere . 

In the subsonic range, the number of samples was so large that no 
data points are shown; hence, cross- hatching is used to indicate the 
range of variation among samples. The boundaries of the cross-hatching 
denote the maximum random variations in probe recovery ratio due to the 
dimensional tolerances given in figure 4. 

The data on probable values of recovery ratio as detailed in figure 
5 are summarized in figure 6 . 

Data on the effects of total pressure, yaw angle, and pitch angle 
are presented in figures 7, 8, and 9, respectively; table I gives the 
time constants of the six probes . 

DISCUSSION OF RESULTS 

Recovery Ratio 

Previously reported results (refs . 6 and 7) are confirmed in fig ­
ure 5(a), in which the recovery ratio of probe 1 is similar to that of 
a long wire (length- to- diameter ratio > 50) for a Mach number less than 
0.5 . However, the dip at a Mach number of approximately 0.75 shown by 
the long wire does not occur with the probe. 

The recovery of probe 5 (fig . 5(e)) resembles that for laminar 
flow over a flat plate for a considerable portion of the subsonic region. 

- ---------- - --



4 NACA TN 3455 

Data taken in the two supersonic test sections shown in figure 1 
agree. The solid points in figure 5 wer~ taken in unit II. In the 
supersonic region, for the unshielded probes 1, 2, and 3, one of two 
conditions is possible: (1) the thermocouple junction may be down­
stream of a bow shock produced by the probe support; or (2) the 
thermocouple junction may be located upstream of the bow shock pro­
duced by the probe support. 

The effect of shock displacement on recovery is seen to be large 
for probe 2 (fig. 5(b)). When the junction remains downstream of the 
bow shock, the recovery-ratio curve shows a smooth continuation of the 
subsonic curve. When the thermocouple junction breaks through and ex­
tends upstream of the bow shock , the recovery ratio falls abruptly. 
Obviously, the probe designer should try to avoid the break-through 
point . 

The correlation between the break in the recovery-ratio curve and 
the bow-wave location is most clearly indicated in figures 5(b) and 10. 
Figure 10 shows the bow-wave location upstream of a transverse cylinder 
as determined from figure 7 of reference 9 and figure 5 of reference 
10, assuming isentropic flow on the cylinder. For the design of probe 
2 (fig. 4(b)), the break-through should occur at M ~ 1.63; the experi ­
mental data of figure 5(b) yield this same value. For a junction lo­
cated near the end of a transverse cylinder, a break-through at a lower 
Mach number is to be expected because of the curvature of the bow wave; 
figure 5 (b) confirms this expectation qualitatively. The inset in fig­
ure 10 is a schlieren photograph of flow at M = 1.4 over a rake using 
probe elements of the design of figure 4(b). The measurements indicated 
on the photograph yield the data pOint, which shows good agreement with 
the theoretical curve. 

Similar reasoning appears applicable to the data of figure 5(c) , 
although analytical treatment of this case is difficult because of the 
complex geometry involved. However, reference 9 predicts, for a simple 
truncated-cone-cylinder configuration, a break-through value which ap­
pears consistent with the experimental data. 

Figure 6 shows that the shielded probes have higher rec~very than 
the unshielded probes at the reference conditions over the full range 
of Mach number. The shielded probes also show smaller variations of re­
covery with probe design. 

Reproducibility of Recovery Ratio at Reference Conditions 

If the 0.10 F measurement errors are neglected, the probable error 
due to manufacturing tolerances oRO may conveniently be taken as one-

half the maximum variation from the mean line indicated by the cross­
hatching. This probable error is very nearly proportional to Mach 

., 

, 

-. 

t 
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number in subsonic flow (fig. 5) except for probe 1 at M > 0.8. At 
M = 0.8, 5RO' in percent of total temperature, ranges from 0.06 for 

probes 2 and 6 to 0.14 for probe 3 . The average oRO for all probes 

is 0.1 and 0.05 percent of total temperature at M = 0.8 and 0.4, 
respectively. 

Time of Response 

5 

Table I shows the results of time-constant tests using the appara­
tus of figure 2. The tests .Tere conducted at M = 0.22, 1 atmosphere 
static pressure, and room temperature . The time constant ~ for probe 
1 is compared with time constants of three sizes of ,fire given by equa­
tion (27) of reference 4. 

If the Nusselt [lumber of a body immersed in a gas stream is propor­
tional to the square root of the Reynolds number, the time constant for 
the body can be related to the free - stream properties by the following 
equation (ref . 3): 

'to 

't 
(~) (:0) (io) 0.18 (4) 

The values of 'to given in table I are for the following reference 
c ondi ti ons : 

Mach number, Mo ••••• 
Static pressure, PO ' atm 

Temperature, TO' ~ •• 

• 1.0 

· . 1 

• 519 

Equation (4) may not be correct for all probe designs. It does not 
account for local flow effects that may be encountered within shielded 
probes . However, reference 4 shows the equation to be valid for un­
shielded wires mounted in crossflow for Reynolds numbers from 250 to 
30,000 and Mach numbers from 0.1 to 0.9. Table I shows that the com­
puted values of ~O for probes 1 and 2 agree with those reported for 

similar probes in reference 3 . Time-constant information in the super­
sonic flow range was not determined. 

Departures from Reference Conditions 

Figures 7, 8, and 9 show systematic variations in the recovery­
ratio data of figure 6 due to changes of total pressure, yaw angle, and 
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pitch angle) respectively . These curves were obtained by averaging the 
subsonic performance of five samples of each probe. The function 
RO - R 

1 - RO 
was chosen as the ordinate} since it makes the effects of pres-

sure and angle nearly independent of Mach number in subsonic flow . It 
is the fractional variation of 1 - R and is equivalent to the frac ­
tional variation of Tt - T . For a particular Mach number} 
RO - R 

1 - RO 
ro - r 

1 - rO from equation (3). The probable error in 
RO - R 

1 - RO 
approximately 15 percent of the given values in all cases} or 

"fRo - R) ~(Ro - R) 
'\ 1 - RQ '" 0 . l~ 1 - RO . 

was 

The effects of ambient pressure at zero angle and constant Mach 
number are shown in figure 7 . It should be noted that at room tempera­
ture the indicated systematic errors amount to} at most} 3 0 F. An ordi­
nate value of 0.8 means that the difference between total and indicated 
temperature i s 80 percent higher than the difference at the reference 
flow condition. On thi s percentage basis) the shielded probes are much 
more sensitive to pressure changes than the unshielded probes. Probe 1 
shows a variation which agrees with that found for long wires (ref. 6) 
up to M = 0 .70; for all five samples the pressure effect was negligi­
ble in the interval Mach 0.75 to 1 . 00. Tests on a single sample o£ 
probe 1 indicated no pressure effect between M = 1.3 and 2 . 2. Probes 
2 to 6 show decreasing recovery ratio with decreasing pressure in sub­
sonic flow . Single samples of probes 4 to 6 indicated the same pres ­
sure effect i n supersonic flow . The dashed curves indicate that the 
effect of pressure on the recovery ratios o£ the six probes can be ap­
proximated by algebraic expressions of the form (H/Ho) n - 1 (fig . 7) 

where n is an empirically determined constant . 

The effect of yaw angle on the recovery of probes 4 to 6 can be 
approximated by the function tan2 t (fig. 8) . Probe 3 is generally 
positioned to a condition o£ zero pressure differential between the two 
balance tubes (fig . 4(c )) so that it is closely alined with the £low in 
the yaw direction. Probe 1 again shows a performance change in the 
vicinity of M = 0.75; however} the variations are small . The upper 
curve also indicates the yaw effect of a single sample of probe 1 run 
at Mach 2 . 2 . 

Variations in the performance of probes 3) 5) and 6 with pitch 
angle were negligible over the range zero to 150 • Some variations) 
caused by the probe support} were noted for probes 1) 2) and 4 (figo 9). 

- # 

, 

-. 
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The effect of flow angle on the recovery of shielded probes in 
supersonic flow may not be well represented by figures 8 and 9 if the 
shield "swallows" the bow shock. This process is shown by shadowgraphs 
in reference 11. 

The effect of absolute temperature level on steady-state recovery 
ratio was not determined. However, reference 6 indicates that the tem­
perature effect on long wires in crossflow is given by the empirical 
relation 

RO - R = (TTo)0.25 _ 1 
1 - RO 

Application to Temperature Data Reduction 

All six probes read less than total temperature by an amount that 
varied systematically with Mach number, ambient pressure, and flow 
angle. In general, the Mach number effect was predominant. However, 
the shielded probes showed a sizable pressure effect over the range 
investigated. For probes such as 5 and 6, the effects of flow angle 
can be neglected for many applications, and the systematic variations 
can be lumped into a single family of recovery-ratio curves. 

A sample computation of the recovery ratio and its probable error 
are given in table II for probe 6 for M = 0.6 and a total pressure 
of 2 atmospheres. 

CONCLUSIONS 

The recovery ratio of a thermocouple probe shows systematic varia­
tions with Mach number, ambient pressure, and flow angle and has a ran­
dom error due to imperfect reproducibility in fabrication. On the av­
erage, the probable error due to imperfect reproducibility is proportional 
to the Mach number in subsonic flow and is about 0.1 percent of total 
temperature at Mach 0.8. 

Shielded probes show higher recovery ratios for most flow condi­
tions. Unshielded probes, however , are less sensitive to pressure 
changes and exhibit much faster response to temperature changes. 

An important design criterion for probes to be used in supersonic 
flow is that the thermocouple junction should not be crossed by strong 
compression shocks generated by the probe over the required range of 
Mach number. 

Lewis Flight Propulsion Laboratory 
National Advisory Committee for Aeronautics 

Cleveland, OhiO, April 20, 1955 



-.-- - ------. 

8 NACA TN 3455 

APPENDIX - SYMBOLS 

The f ollowing symbols are used in this report: 

D support diameter 

H total pressure 

M f r ee - stream Mach number 

p free - str eam static pressure 

R recover y ratio 

r recovery factor 

T adiabatic junction temper ature, oR or oK 

Ts stati c temper ature , oR or oK 

Tt total tempe r atur e, oR or oK 

x shock displacement 

5 probable er ror of . 

~ time constant 

1jr yaw angle 

Subscript : 

o refer ence condit i ons 
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TABLE 1. - TIME - CONSTANT RESULTS 

Probe Wire Wire " " 0 
( a) diameter ) Observed Eq . ( 27) Computed) Ref. 3 

in . of ref . 4 eq . (4) 

1 I -C 0 . 020 0 . 4 0 . 43 0 . 2 0 . 2 

1 C-A 0 . 013 --- 0.27 --- ---

1 I - C 0 . 010 --- 0 . 16 - - - 0 . 1 

2 C- A 0 . 013 0 . 34 ---- 0 .16 0 .1- 0 . 2 

3 I - C 0 . 010 0 . 16 ---- 0 . 07 ---

4 I -C 0 . 013 0 . 8 ---- 0 . 4 ---

5 I -C 0 . 010 0 . 9 ---- 0 . 4 ---

6 I -C 0 . 010 0 . 8 ---- 0.4 ---

alron - constantan) I -C; chromel - alumel) C-A. 
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TABLE II. - SAMPLE COMPUTATION OF RECOVERY RATIO AND ITS PROBABLE 

ERROR DUE TO DESIGN TOLERANCES 

[Probe 6 at M = 0 . 6 and H = 2 at mj flow- angle effects neglected .] 

Computation Source 

0 Ro = 0 . 9960 Fi g . 5 (f ) or 6 

CD (1 - Ro ) = 0 . 0040 1 - CD 

® 
RO - R 

- 0 . 41 Fig . 7 
1 - RO = 

G) (RO - R) = -0. 0016 @x0) 

CD R = 0 . 9976 (i) - G 
® oRO = ±o . 0005 Fig . 5 (f) 

CD 
0(1 - RO ) 
~1 - RO) = ±0 . 13 ®/® 

131 ® 
1 - RO 

Tests (RO - R) = ±O. lS 
1 - RO 

® 
O(RO - R) 

~ RO - R) = ±0 . 20 110)2 + @2 

~ o(Ro - R) = ±0. 0003 0)x® 

® oR = ±0 . 0006 '10)2 + ~2 
R = 0 . 9976 ±0 . 0006 
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Unit III ; 
supersonic 
duct 

Unit II; 
nozzle and receiver ; 
Mach number, 1 .40 

Plenum 
chamber~ ~1_~------------ 60 --------------~ 

Ref erence 

Total­
temperature 
recorder 

Unit I ; 
nozzle and receiver; 
subsonic 

Test probe 

] 

Constant- temperature 
junction box 

Copper wire 

___ Temperature 
difference 

o To 1 millivolt 
potentiometer· 

(a) Schematic diagram, showing i nterchangeable flow units. 

Figure 1 . - Recovery apparatus. (All dimensions in inches.) 
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(b) Calibration of supersonic duct, unit III. 

Figure 1. - Concluded. Recovery apparatus . 
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Figure 2 . - Ti me- response apparatus. 
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~" 6 ,o .01 
I 

,'-Ju..y..,r--- Two-hole ceramic 
insulator 

1 D. 8 ~am. 

(a) Probe 1. 

24 Gage 

l Diam . tubing 
16 

0 . 030 Diam . 
balance tubes 

0 .100 

0 .45 r· , 5l 0 .30 

L 30 Gage 

0 .
1701 0.210 

28 Gage 

(b) Probe 2 . 

ICD-43821 
(c) Probe 3. 

Figure 4. - Probe details. Tubing diameters given in nominal size; 
wire sizes in American wire gage . (All dimensions in inches.) 

.1 ______ _ 
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0.14 
0 .18 

0 . 003 Thick insulating cement-
0 . 005 

I-- 0.054 
I 0 .064 

0.015 
0.040 

28 Gage 

Section A-A 

r 
Two-hole ceramic A 

0 , 090 Diam" 
0 . 013 wall 

Section A-A 

(d) Probe 4. 

Section A-A 

0 . 093' Diam . , 
0 . 014 wall 

r--
A 

...j 
I 

Wire insulation 

ceramic 

0 . 020 Diam ., max. 

A 

0 . 064 Diam . 

(f) Probe 6. 

l Diam. 
16 

1 
A 

Laminated silicone 

Four- hole ceramic 

30 Gage 

(e) Probe 5 (see also ref. 12). 

/ CD-4381 I 

Figure 4. - Concluded. Probe details. Tubing diameters given in nominal size; 
wire sizes in American wire gage . (All dimensions in inches.) 
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Long wires, 
r ef . 6 
r ef . 7 

. 4 

12 Probes 

. 8 1. 2 
Mach number 

Long wire, 
r ef . 8 -

1.6 

5 Probes 

2 .0 

(a) Probe 1 . 0.020-Inch diameter wires mounted in crossf1ow. 

Figure 5 . - Recovery rati o as function of free - stream Mach number at 
refe r ence conditions . 
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. 99 

. 98 

rr,0 

.97 

. 96 

. 95 

. 4 . 8 

Junction near 
end of support 

1.2 
Mach number 

(b) Probe 2 . 

Shock at junction, 
two-dimensional theory 
(see fig. 10) 

2 Probes 

1.6 2.0 2 . 4 

Figure 5. - Continued . Recovery ratio as function of free-stream Mach 
number at reference conditions. 
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Laminar flow 
over flat plate, 
r ef . 13 

2.0 2.4 

Figure 5 . - Continued. Recovery ratio as function of free-stream Mach 
number at refer ence conditions . 
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Cd) Probe 4. 

(e) Probe 5. 

1.2 
Mach number 

(f) Probe 6. 

2 Probe s 

2 Probe s 

3 Probes 

1.6 2.0 2.4 

Figure 5. - Concluded. Recovery ratio as function of free-stream Mach 
number at reference conditions . 
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Fi gure 6 . - Probabl e recover y characteristics at r efer ence conditions. 
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Figure 7. - Variation of recovery ratio with total pressure at zero angle 
of attack. 
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