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NATIONAL ADVISORY COMMITTEE FOR ATRCNAUTICS

RESFARCH MEMORANDUM

SOME PRESSURE-DISTRIBUTION MEASUREMENTS ON A SWEPT WING AT
TRANSCNIC SPEEDS BY THE NACA WING-FLOW METHOD

By J+ Ford Johmston and Edward C. B. Danforth
SUMMARY

First results are given of chordwise pressure-distridution
measurements on a 45° swept-back wing at transonic speeds. These
tests are part of a fundamental investigetion of flow phencmena
near sonic velocity by the NACA wing-flow method. Distributions
were obtained at two spanwise extensions of the half-span model of
2-inch chord and NACA 65-210 airfoil section measured perpendicular
to the leading edge. These extensions placed the plane of the
orifices at 18 percent and 87 percent of the streamwise chord from
the plane of symmetry. The corresponding asnect ratioes were 2.1
and 3.5, respectively.

The resulte indicate that:

1. The section at 18 percent chord from the root experienced
relatively large changes in the pressure distribution as the Mach
number increased to and beyond 1.0; these changes were toward more
positive pressures on the forward part of the airfoil and more
negative on the rear, accompanied by a rearward shift of the peak
negative pressure.

2. The section at 8T percent chord from the root showed
relatively small changes in distribution with Mach number up to 1.05
at zero 1ift and large changes toward more positive pressures on the
forwerd upper surface under lifting conditions at sonic speeds.

3« For both sections, the changee in pressure distribution
with Mach number did not indicate any appreciable net loss in the
section 1lift but did indicate large increases in the section drag
and diving moment, with the exception of the outboard station at
zero 1lift.
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2 CONFIDENTIAL NACA RM No. LTD22

4, The pressure changes at zero 1lift were In qualitative
egreement with those theoretically predicted at sections similarly
located with respect to the Mach cones from the root leading and
trailing edges.

5. Above a Mach number of 1.0, the region of high drag due to
the root extends farther outboard wnder lifting conditions thean
at zero lift.

INTRODUCTION

The beneficial effect of wing sweepback in reducing the changes
in drag and 1ift associated with transonic flight speeds has been
amply demonstrated as, for example, in references 1 to 3. Ccmparison
of the results with the simple theory for an infinite yawed wing
shows, however, that the benefits obtained are considerably smaller
then the theoretical. Failure to reach the theoretical results is
usually ascribed to disturbances from the root, but no experimental
investigations of these flow phenomena through the transonic range
have been made previously. Jones has investigated, theoretlcally,
the effects of finite aspect ratio on a nonlifting swept wing in
supersonic flow (reference 4). For this case, it is indicated that
disturbences from the root cause a high drag inboard end that the
tip disturbances may be beneficial. The theory has been applied in
reference 5 to study of design parameters for nonlifting swept-back
wingse.

In order to determine experimentally the flow phenomena on
swept wings at transonic speeds, a program of pressure measurements
by the NACA wing-flow method heas been set up. The first model, like
that of reference 1, is an untapered 45° swept-back airfoil with
NACA 65-210 2-inch chord sections measured perpendicular to the
leading edge.

The small model size limits the number of orifices and makes
it difficult to obtein pressures near the leading and trailing edges
without errors due to lag. Beceuse of this fact, data so far
obtained cover pressure distributions back only to about 77 percent
chord for sections near root and midspan for aspect ratios 2.1
end 3.5, respectively. Greater chordwise coverage is to be obtained;
in the interim, however, it is felt that the results of these first
tests of swept-back-airfoil pressure distributions through the
gpeed of sound are of sufficient interest to Justify reporting at
thils time.
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NACA RM No. L7D22 CONFIDENTIAL § 3
APPARATUS AND PROCEDURE

The airfoil (fig. 1) was mounted to extend into the high-speed
alr stream over a specially faired ammunition compartment cover on
the wing of a P-51D airplane, as shown in figure 2. The curvature
of this cover plate was selected to give small horizontal velocity
gradients at the model position up to test Mach numbers of about 1.05.
Typlcal gradients and teat Reynolds' numbers are given in figure 3.
Perpendicular to the cover plate the velocity decreased less than
1 percent per inch. The flow angles and velocities at the model
position were calibrated as in reference 1.

A sketch of the 15° swept-back model and its mounting on an
end plate flush with the airplene wing surface is given in figure 4.
The gap between the airfoil and end plate was sealed to prevent
leakage. The airfoil sections perpendicular to the leading edge
were of NACA 65-210 profile and 2-inch chord. The tip was cut off
parallel to the air streem and slightly rowmded. Pressure
distributions reported herein were obtained from upper- and lower-

surface orifices in a plane parallel to and 2% inches inboard of

the tip. As the airfoll wes tested at extensions giving 5-inch
and 3-inch semispans, the test section was at 50 percent semispan,
aspect ratio 3.5, and 18 percent semispan, aspect ratio 2.1,
respectively. In terms of the chord parallel to the stream, these
stations were at 0.87 and 0.18 chord from the plane of symmetry.
The wing boundary-layer thickness at the model position was of the
order of 0.1 inch, or 0.035 model chord. The effects of a boundary
layer at the root of a swept wing have not been evaluated. Therefore
the inboard position of the orifice plane was taken as not closer
than one-half inch (0.18 chord) to the root in an attempt to avoid
large boundary-layer effects.

Tests were generally made with seven orifices on the upper
and seven orifices on the lower surface to make sure of having
upper- and lower-surface distributions at the same angle of attack.
The orifice locations are shown in figure 4. In order to check the
falring of the distributions, flights were also made with all
orifices on one surface.

Each test was made by diving the airplane from 28,000 feet
eltitude at a 25° angle, until an airplane Mach number of 0.72 wes
obtained. This procedure gave Mach numbers at the model station
from 0.7 to 1.1« Continuous records on standerd NACA recording
Instruments were taken during the dive of model airfoil pressures
and angle of attack, airplane impact pressure and normal acceleration,
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and altitude pressure and temperature., The model angle was veried
by & motor-driven cam which produced angles of atteack by 29 gteps
from -2° to 4° during test. By this means each of the intermediate
angles was obtained about eight times during e dive, and the end
engles, -2° and 4°, were obtained about four times.

SYMBOLS
M stream Mach number
My normal Mach number, M cosA
a stream dynamic pressure
ay q cosaA
A sweep angle
a engle of attack in stream direction
oy normal angle of attack, a/cos A for small engles
c, section 1lift coefficlent
®in normal section 1ift coefficlent, cl/cos2 A
(EC-L> wing lift-curve slope, eassumed equal to 2B o8 A
det . A+2
at M=0
d.CL : EﬂA
(-53-) normel lift-curve slope, assumed equa}. to el
N at M=0
A aspect ratio, _bE/S
b .wing span perpendicular to stream direction
S wing area
Cq root chord, measured in stream direction
¥ gpenwvise digtance from root
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RESULTS AND DISCUSSION

From the faired curves of the pressure at each orifice as a
function of Mach number and angle of attack, points were taken off
at angles of -2°, 0°, 29, and 4° and at calibrated Mach numbers
corrected for vertical gradients of 0.80, 0,90, 1.00, and 1.05.

The pressure distributions so obtained are shown in figures 5 and 6.
A striking feature of these plots 1s the almost complete
disappearance of negative pressure peaks at the nose as the Mach
nunmber approaches l.0. At the same time, there is an increase in
the negative pressures near midchord. For the section near the
root, there 1is also & pronounced rearward movement of the position

of maximum suction on both surfaces.

These effects may be studied more conveniently in figures 7
end 8 for ‘angles of -2° for zero lift and of 4° for a 1lifting
condition. The simplest case is that of zero 1lift, figure 7. Hers
the effects of the differences in aspect ratio for the two sets of
pressure measurements are small and the principal effects are those
of Mach number and distance from the root. It may be seen from
figure 7 that the sections differ considerably in pressure distri-
bution even at M = 0.8 and that the midspan station y = 0.87c,
shows relatively small Mach number effects as compared with the
gtation near the root. At midspan, increasing Mach number beyond 0.9
results In slightly more positive pressures near the nose and more
negative pressures near midchord on both upper and lower surfaces,
but the peak negative pressure does not move behind maximum thick-
ness up to M = 1.05. The section near the root is characterized
by relatively larger increases in positive pressure ahead of maximum
thickness and pronounced rearward shifts of the peak negative
pressure as the Mach number reaches 1.0,

For the lifting condition (fig. §) the two sections cannot be
compared directly at the same angle of atteck because of the
difference in aspect ratios. The principal feature 1s the dis-
appearence of the negative peaks at the noses of both sectlons
with increasing Mach number. The chenge 1s relatively continuous
from M = 0.8 Tor the section mear the root, but takes place
between M = 0.9 and M = 1.0 for the midspan station. Again
1t may be noted that the peak negative pressure at midspan does
not move beyond maximum thickness, whereas there is a pronounced
rearward shift beyond the midchord for the section near the root.
The large changes of the upper-surface pressures near the nose as
compared with the lower surface indicate a shift of the stagnation
point toward the upper swrface with increasing Mach number. This
shift tended to reduce the pressure changes with Mach nurber on the
lower surface.
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The chenges in pressure distribution with Mach number mey be
interpreted qualitatively as force changes. For example, the
increasing positive forward pressures and the rearward movement of
the peek negative pressures for the section near the root Indicate
relatively large increases in drag both at zero lift and under
1ifting conditions. The midspan section, on the other hand, shows
only small changes at zero 1lift but relatively large drag increases
as the Mach number reaches 1.0 under lifting conditions. The fact
that the peak negative pressure does not shift beyond midchord
indicates that the more outboard station probably has lees drag
than the other even under lifting conditions.

The center of 1lift is seen from figure 8 to shift rearward
with increasing Mach number for both stations, which indicates an
increasing diving moment. The 1lift itself does not appear to be
affected radically, as the loss of lift forward seems to be
approximately balanced by gains toward the rear.

It is of interest to compare these pressure distributions with
theoretical and experimental distributions on straight wings of the
game section and Mach number normal to the leading edge. The
theoretical distributions may be obtained from reference 6. Data
have been obtained from the Ames 16-foot high-speed wind tunnel for
an unswept wing of NACA €5-210 sections, aspect ratio 9.0, end
taper ratio 2.5. These data are compared with the theoretical
solution given in figures 9 and 10 for zero and posltive 1lift. As
the distributions ere a function primarily of the 1lift coefficlent,
the comparisons are made at the same low-speed normal 1ift
coefficients as computed using the angles from zero lift and the
assumed 1ift-curve slopes (see 'Symbols')s. The theoreticel preesure
coefficients have been increaged by the Prandtl-Glauert factor for
the appropriate normal Mach number.

The distributions of figures 9 and 10 indicate that the
pressures &t the midspan station y =0 87o nmay be predicted from
the simple theory for both zero and. moderate 1lift coefficients so
long as the streem Mach number is subsonic. At & stream Mach
nunber of 1.05, the prediction is still fair for zero 1ift but
wnusable for the lifting condition. It is to be noted in particular
that the breekdown with 1lift at the supersonic stream Mach number
is not due to the supercritical normal Mech number, since the
experimental straight-wing distribution has no similar breakdown.

For the inboerd section y = 0.18c, the similarity to the
straight-wing dlstributions decreases with increasing 1ift and
disappears &t the higher Mach numbers. From figures 7 and 8, the
deterioration progresses with Mach number from 0.8 up.
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The date so far presented show that the simple theory of the
infinite yawed wing tends to break down at the root of a finite
swept wing. This area of distwrbance and drag spreads outboard
at transonic speeds, particularly wnder lifting conditlons. More
accurate theoretical treatments of the swept wing have been made
for the subsonic lifting case by the lifting-swrface method,
reference 7, and for the supersonic case at zero lift in references b
end 5. No treatment 1s yet available for the supersonic lifting
condition where the wing is swept back behind the Mach cone.
Although a detailed dlscussion of these theories 1s beyond the
scope of this paper, certain features are of interest.

First, examination of the distribution of circulation on a
30° swept wing in incompressible flow (fig. 1 of reference 7)
reveals that the circulation distribution at the center is shifted
reletively rearwerd. By extemsion, there may be expected a rear-
ward movement of the center of pressure as well as a probable
reduction of the negative pressures on the nose in relation to
those et midspan. This difference is of the type found in the
present tests.

For the supersonic case at zero 1lift, reference 4 shows that
the distribution at the root is of the Ackeret supersonic type,
but reduced by the obliquity, and that the distributions change
rapidly toward the subsonic type as a function of the section
distence behind the root leading-edge Mach cones. The distribution
is substantially of the subsonic type when the root leading-edge
Mach cone is 1l~chord length ahead of the leading edge. At
M= 1.05 (fig. 9(b)) the Mach cone is about 60 percent chord
ahead of the midspan-section leeding edge, and as predicted, the
distributicn at zero 1lift is very neerly like the subsonic. The
differences are in the direction theoretically indicated - toward
more positive pressures near the leading edge, followed by a slight
overexpansion back to the intersection with the Mach cone from the
root trailing edge at 40 or 50 percent chord, then a continuous
pressure recovery back to the trailing edge. The inboard section,
as predicted, has even more positive pressures on the forward surfaces
and. pronounced overexpansion behind maximum thickness. As the survey
extended only to TT percent chord, the sharp pressure recovery
predicted at 85 percent chord could not be checked experimentally.

The supersonic lifting case introduces a new problem of the
effect of the pressure difference between upper and lower surfaces
on the inclination of the flow ahead of the wing. The need for a
theoretical treatment of this case is pointed out by the large wing
area over which these tests show the simple theory to be inadeguate.
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CCNCLUSIONS

Chordwise pressuré-distributicn tests at two spanﬁise.stations
on & swept-back wing model at transonic speeds indicated that:

1. The section at 18 percent chord from the root experienced
relatively large changes in the pressure distribution as the Mach
number increased to and beyond 1.0; these changes were toward
more positive pressures on the forward pert of the airfoll end
more negative on the rear, accompanied by & rearward shift of the
peak negative pressure.

2, The section at 87 percent chord from the root showed
relatively emall cheanges in distribution with Mach number up to 1.05
at zero 1lift but large cheanges toward more pogitive pressures on '
the .forward upper surface under lifting conditions at sonic speeds.

3. For both sections the chenges in pressure distribution with
Mach number did not indicate any appreciable net loss in the section
1ift, but did indicate large increases in the section drag and
diving moment, with the exception noted of the outboard station
at zero 1lift. ;

k. The pressure changes at zero lift were In qualitative
egreement with those theoretically precdicted at sections gimilarly
located with respect to the Mach cones from the root leading and
trailing edges.

5+ Above a Mach number of 1.0, the reglon of high dfag due to
the, root extends farther outboard wnder lifting conditions than
at zero lift.

TLangley Memorial Aercneutical Leboratory
National Advisory Committee for Aercneutics
Langley Field, Va.
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Figure 1.- NACA 65-210 airfoil model.
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Figure 2. -

Airfoil model mounted on airplane wing; orifices at 50 percent semispan,
3.5 aspect ratio.
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Fig. 6 NACA RM No. L7D22
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c, > 0.48.
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Figure 10.- Concluded.
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